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INNOVATIVE CONTAMINATION CERTIFICATION OF
MULTI-MISSION FLIGHT HARDWARE

Patricia A. Hansen
NASA, Goddard Space Flight Center

David W. Hughes, Kristina M. Montt, and Jack J. Triolo
Swales Aerospace.

ABSTRACT

Maintaining contamination certification of multi-mission flight hardware is an innovative
approach to controlling mission costs. Methods for assessing ground induced degradation
between missions have been employed by the Hubble Space Telescope (HST) Project for the
multi-mission (servicing) hardware. By maintaining the cleanliness of the hardware between
missions, and by controlling the materials added to the hardware during modification and
refurbishment both project funding for contamination recertification and schedule have been
significantly reduced. These methods will be discussed and HST hardware data will be
presented.

INTRODUCTION

The Hubble Space Telescope (HST) was designed to be periodically serviced on-orbit during
its 15 year mission. The Space Transportation System (STS) serves as the platform from which
the HST is serviced and servicing carriers provide an interface from the Orbiter to the scientific
instruments and orbital replacement units. While the servicing carriers are configured for each
mission to accommodate mission unique orbital replacement units, the basic carrier (structure
and support airborne flight equipment) remains unchanged. The HST servicing carriers were
flown during the HST Servicing Mission 1 (SM1), STS-61 (December 1993) and the HST SM2,
STS-82 (February 1997). Currently, the servicing carriers are being reconfigured for the HST
SM3 (May 2000). :

Due to the extreme sensitivity of the HST, scientific instrument, orbital replacement unit
optics to molecular and particulate contamination, all aspects of a servicing mission are assessed
for subsequent contamination effects to these optical elements. The assessment begins with the
basic requirements for the telescope and extends to each mission component. Because of the
large surface area of the servicing carriers, both outgassing levels and surface cleanliness levels
are controlled during all aspects of integration, test, launch activities, and on-orbit operations.



By maintaining the cleanliness of the hardware between missions, and by controlling the
materials added to the hardware during modification and refurbishment both project funding for
contamination recertification and schedule have been significantly reduced. These methods will
be discussed and HST hardware data will be presented.

SERVICING CARRIER DESCRIPTION

The HST servicing carriers include: the Solar Array Carrier (SAC), the Orbital Replacement
Unit Carrier (ORUC), the Flight Support System (FSS), the Rigid Array Carrier (RAC), the
Second Axial Carrier (SAC), and the Multi-Use Lightweight Experiment (MULE). The carriers
are shown in Figures 1-6 and the servicing mission manifest is illustrated in Table 1. The 15’
long x 15’ wide x 15’ high Solar Array Carrier functioned as a load isolation system for the Solar
Array 2 during the First Servicing Mission. For the Second Servicing Mission, the Solar Array
Carrier was reconfigured, renamed the Second Axial Carrier, and provided a load isolation
system for the Axial Scientific Instrument Protective Enclosure which in turn provided a
contamination and thermally controlled environment for the Near Infrared Cosmic Origins
Spectrograph (NICMOS).

Table 1. Carrier Mission Manifest

Carrier SM1 SM2 | SM3 | SM4
Flight Support System v v v v
Multi-Use Lightweight Explorer v
Orbital Replacement Unit Carrier v v v v
Rigid Array Carrier v
Second Axial Carrier v
Solar Array Carrier v
Unidentified Carrier(s) ' v

For the Third Servicing Mission, the Rigid Array Carrier, Orbital Replacement Unit Carrier,
Flight Support System, and Multi-Use Lightweight Explorer have been manifested and are
shown in the flight configuration in Figure 7. The Rigid Array Carrier and Orbital Replacement
Unit Carrier are Spacehab pallets that have been modified to provide scientific instrument and
orbital replacement unit stowage for the servicing mission. The 12’ long x 15’ wide x 15” high
Rigid Array carrier functions as a load isolations system for the Solar Array 3 and will be used to
stow the replaced Solar Array 2 during two extravehicular activity (EVA) days. The most
contamination sensitive carrier is the 12’ long x 15’ wide x 15’ high ORUC. The Orbital



Replacement Unit Carrier provides a load isolation system for an Axial Scientific Instrument
Protective Enclosure (SIPE) and the Fine Guidance Sensor SIPE. These SIPEs, collectively
known as the BISIPE, provide a contamination and thermally controlled environment for a
stowed scientific instrument and Fine Guidance Sensor. Because of the optical sensitivity of the
NICMOS, scientific instruments, and Fine Guidance Sensors, the Second Axial Carrier and the
Orbital Replacement Unit Carrier are the most contamination sensitive carriers. The 5’ long x
15’ wide x 15’ high Flight Support System is used as the maintenance platform to berth the HST
to the Orbiter during the EVAs. The 5’ long x 15’ wide x 15’ high Multi-Use Lightweight
Explorer provides stowage for orbital replacement units and is shown with the Aft Shroud
Cooling System radiators mounted.

The SIPEs provide a thermal environment equivalent to that inside the HST. The warm
thermal environment not only ensures that the scientific instruments and Fine Guidance Sensors
will remain within their temperature limits during the EVA. This also ensures that any
outgassing inside the SIPEs, which would otherwise affect the optical performance, will not
condense on the scientific instruments or Fine Guidance Sensors. The SIPEs also provide a
purge interface, which allows the scientific instruments and Fine Guidance Sensors to be purged
until launch (T-0). Vent restrictor plates (37 um mesh) inhibit particulate contamination of the
scientific instruments or Fine Guidance Sensors during all ground and launch activities.

Due to the diversity of the orbital replacement units and scientific instruments manifested for
each flight, the carriers provide the most flexible stowage capability for the servicing mission
hardware. Because of this flexibility, two carriers will be flown for all planned servicing
missions — the Orbital Replacement Unit Carrier and the Flight Support System. Because of the
planned multiple missions of the Orbital Replacement Unit Carrier and Flight Support System
over a decade, the HST contamination control program looked at the “big picture” to determine
the most cost effective contamination control approach that both provides the needed
contamination controlled environment for the scientific instruments and Fine Guidance Sensors
while controlling cost. Because of the excessive cost and schedule required to recertify the
molecular outgassing levels of the individual carriers for each servicing mission, the HST
contamination control program looked at innovative methods to alleviate the recertification of
the carriers for each mission. Controlling the material added to the carriers and individually
certifying new hardware prior to integration onto the carrier accomplished this. The storage,
integration and test environment is also controlled, with the carriers spending the majority of
these activities in a Class 10,000 (M 5.5) cleanroom. When not in the cleanroom, the carriers are
double bagged. During storage, the carriers are cleaned periodically to maintain the surface
cleanliness levels.

SERVICING MISSION CONTAMINATION PROGRAM

The servicing missions are complex and require that the telescope be exposed to the Orbiter
(including carriers) environment during the installation of the scientific instruments and Fine
Guidance Sensors into the HST Aft Shroud. This-exposure is typically from one to seven hours.
During the scientific instrument installation, one EVA crewmember (i.e., an astronaut) enters the
Aft Shroud to guide both the old instrument out of the telescope and the new instrument into the
telescope. Because of this exposure and to maintain the Ultraviolet (UV) capabilities of the



telescope, the contamination requirements placed on-both the Orbiter and carriers are quite
stringent. While one might argue that the scientific instrument is the most contamination
sensitive element, in reality, maintaining the low contamination flux in the telescope’s optical
path is the primary contamination requirement.

Neither the Orbiter nor the extravehicular mobility unit (space suit) contamination levels can
be verified by methods other than by visual examination. Outgassing levels are not measured,
and by the nature of Orbiter, many materials generally not used around sensitive hardware are
used for performance. Where possible, materials which are verified to be high outgassing, which
would not impact the Orbiter performance have been removed for the HST servicing missions.
In addition, a best effort is made to control contamination during Orbiter processing activities.

Ground processing activities, Orbiter integration and the overall mission activities are
assessed for subsequent contamination effects to the HST and the scientific instruments and Fine
Guidance Sensors for each servicing mission. This assessment begins with the basic
requirements for the HST and extended to each mission component. An overall contamination
budget is developed which allocates acceptable degradation among mission phases. The
servicing mission cleanliness requirements and budgets are set with respect to hardware line-of-
sight views of sensitive surfaces, purging of the scientific instruments for sustaining critical
element functional lifetime, Orbiter and EVA effects, Orbiter cleanliness, cleanroom protocol,
and Kennedy Space Center integration activities. '

Prior to each servicing mission, the HST contamination control philosophy is reviewed to
determine it applicability to reflown carrier hardware, new scientific instruments, new orbital
replacement units, and HST optical performance. The current contamination control program
evolved from both the SM1 and SM2 program and has been updated for SM3 based on post-
mission results (1, 2). The servicing carriers met stringent outgassing requirements prior to
SM1, and the integrity of the outgassing certification of the carriers have been maintained for
both SM2 and SM3. Only new carriers, and significantly reworked contamination sensitive
hardware, such as the SIPEs, are certified to the required outgassing rate prior to a servicing
mission.

Telescope and Scientific Instrument Requirements |

To maintain the UV performance of the telescope and therefore, the scientific instruments,
the telescope contamination requirements address both the surface level cleanliness of the
Primary and Secondary mirror and the allowable outgassing flux rate for the telescope’s optical
path (known as the hub area). The scientific instrument requirements are based on the optical
sensitivity of the scientific instrument.

Primary and Secondary Mirrors

The particulate contamination requirements are less than a 5 percent maximum area coverage
for the summation of the Primary and Secondary Mirrors. This was determined pre-launch by
measuring the obscuration ratio of optical witness mirrors. To date, no sc1ent1ﬁc instrument data
has indicated that this requirement has been violated.



The molecular contamination requirement is less than a 10 percent decrease in reflectance at
Lyman-Alpha (1216 Angstrom) wavelengths on the Primary and Secondary Mirrors after 5 years
on-orbit. This was determined pre-launch by measuring optical witness mirrors. Neither
integrated nor periodic measurements indicated that this requirement had been violated. The
initial outgassing criteria was 4.33 x 10" g/cm’-s flux as measured with the mirrors at nominal
operating temperatures and the collector at —20°C. The optical witness mirror reflectance
degradation also needed to be less than 3 percent at Lyman-Alpha wavelengths.

Hub Area -

The light path of the telescope is referred to as the hub area. The four axial and one radial
scientific instrument apertures, the three Fine Guidance Sensor apertures and the back of the
primary mirror define this area. To control the amount of contamination entering this area and to
prevent cross contamination, contamination requirements are flowed down to the scientific
instruments and Fine Guidance Sensors. The outgassing rate from an instrument aperture or a
Fine Guidance Sensor aperture into the hub area cannot exceed 1.32 x 10° .g/sec. The Fine
Guidance Sensor’s outgassing rate is measured with the instrument at worse case hot operational
temperatures (approximately 25°C) and the collector at -65°C. Similarly, the surface level
contamination requirements for any item entering the telescope are Level 400B per MIL-STD
1246.

Aft Shroud

Four axial scientific instruments are installed in the Aft Shroud. To control the amount of
contamination entering this area and to prevent cross contamination, the scientific instruments
must meet minimum surface level cleanliness and outgassing requirements. The scientific
instrument exterior surface cleanliness level shall not exceed 400B per MIL-STD 1246. The
outgassing requirement measured at the scientific instruments aft vent cannot exceed an
equivalent rate of 1.56 x 10® g/hr-cm? based on the exterior surface area of the instrument. This
outgassing rate is measured with the scientific instrument ten degrees above the worse case hot
operational temperatures and the collector at —20°C. While the largest percentage of the
outgassed products is vented through the telescope’s aft vents, there is a small probability that an
instrument could increase the flux in the hub area, affecting the telescope’s performance.

Scientific Instruments and Fine Guidance Sensors

The scientific instruments and Fine Guidance Sensors have individual contamination
requirements based on their optical sensitivity. For example, scientific instruments viewing in
the UV wavelength regions would have the most sensitivity to molecular contamination. While
those scientific instruments viewing in the infrared wavelength regions would have the greatest
sensitivity to particulate contamination. The scientific instruments and Fine Guidance Sensors
are delivered to NASA with verification of internal contamination levels. These levels are
maintained throughout the integration, test and launch activities through contamination controls
such as a gaseous Nitrogen purge. '



Orbiter and EVA Effects

In addition to many hardware cleanliness requirements, numerous analyses were performed
for the Orbiter environment and EVA contamination impacts. These analyses provided critical
assessments for controlling on-orbit contamination generating activities and provided the
necessary quantitative details for imposing ground processing requirements for the Orbiter. The
major analyses include plume impingement, waste/water dumps, SIPE, extravehicular mobility
unit (EMU), Orbiter reboost, and HST configuration changes including deployed solar arrays.
These analyses represent the core of the cleanliness concerns associated with the shuttle and
EVAs. In addition to the analysis for the Orbiter, cleaning requirements were assessed and
levied on the Orbiter payload bay. To quantify the effects of the crew compartment on
subsequent EVAs relative to the particulate environment, two witness plates were flown on STS-
51. These results were used to determine crew cabin and EMU (space suit) cleanliness
requirements (4).

- The analysis of the Orbiter plume impingement assessed the degradation of the HST surfaces
due to gaseous and liquid droplet impingement from thruster firings during maneuvers and
station keeping operations. Byproducts from the incomplete combustion, such as monomethyl
hydrazine (MMH)-nitrate, can have detrimental effects on contamination sensitive and thermal
control surfaces. The station keeping and attitude adjustments considered were low-Z and norm-
Z modes. Because the byproduct mass flux in the Norm-Z thruster firing case was significant,
limitations were imposed for Orbiter operations. '

Significant droplets are formed during Orbiter waste/water exhaust. These droplets may pose
a potential threat to the HST during EVA operations when the telescope’s Aft Shroud doors are
open. The estimation of the maximum effluent released during these dumps is approximately
320-lbm for each dump. Since this represents a significant amount of released material during
the HST servicing operations, restrictions were set in both the First Servicing Mission and
Second Servicing Mission flight rules. All dumps were constrained 120 minutes prior to and
during EVA to preclude potential impingement on critical area of the HST.

Because the SIPEs provided cleanliness protection during launch, ascent, and on-orbit
operations for the scientific instruments, a separate analysis was performed to assess
contamination impacts. The primary objective was to examine impacts due to the particle
control redistribution within the SIPEs, molecular flow, and moisture control within the SIPEs.
All of the elements of this analysis accounted for any degradation to the scientific instruments
during these phases. '

During an EVA, the amount and type of contamination emitted by the astronaut was
considered a threat to optical surfaces on the HST. In addition, the astronaut was in close
proximity (e.g., line of sight) to the scientific instruments and Aft Shroud. The main concern
was contamination contributions from the EMU (i.e., space suit). The EMU exhaust was
analyzed and assessed for molecular and particulate contributions. The main byproduct of the
EMU exhaust was estimated to be 1 to 1.5 1b/hr of water vapor/ice. Because the sensitive HST
surface temperatures were above the water condensation temperature for a low pressure
environment, no contaminant depositions from the EMUs were expected.



Orbiter Payload Bay Cleanliness Requirements

The Orbiter payload bay liner and thermal control blankets (forward and aft bulkheads, Bays
12 and 13) provides thermal control to the payload and may be flown on many mission. A
reflown liner section or thermal control blankets may provide a large outgassing source to a
payload if contaminated by a previous payload on another mission. As this potential outgassing
source could not be quantified or outgassing specified identified, a new, unflown payload bay
liner was requested for the entire payload bay. The thermal blankets could not be replaced due to
excessive cost; however, they were cleaned with an isopropyl alcohol (IPA)/deionized (DI) water
mixture and verified to have no significant fluorescing molecular contamination. Small amounts
of molecular contamination could be tolerated, but were evaluated on a case-by-case basis and
were dependent on location within the payload bay.

Based on the hardware cleanliness requirements, for both the First and Second Servicing
Mission a new payload bay liner was cleaned to visibly clean highly sensitive (VCHS), per
Johnson Space Center Document Number SNC-0005C, with an IPA/DI water mixture. During
the Orbiter servicing in the Orbiter Processing Facility (OPF), the payload bay liner and thermal
blankets including bilge area and wire trays were vacuumed every three days. Both the Goddard
Space Flight Center and Kennedy Space Center contamination teams were success orientated,
and as such, cleaned the payload bay to VCHS at the Pad Payload Changeout Room (PCR).
Vertical cleaning at the Pad provided both the best access to all levels, but also provided a top
down cleaning approach so that any particles cleaned from the level above, but not captured,
would fall to a level which would be subsequently cleaned. Again, the thermal blankets were
verified to have no significant fluorescing molecular contamination.

Cleanroom Protocol

The biggest contamination threat to the servicing carriers is the personnel working on or
around them. To control this threat, the servicing carriers spend the majority of their time in a
Class 10,000 (M 5.5) cleanroom. The cleanroom protocol, detailed in Reference 1, was derived
from the hardware requirements, contamination control practices, and data from previous
missions. Personnel constraints, cleanroom operating procedures, and site management issues
are addressed for each facility in which the servicing mission hardware is assembled, integrated
or tested. Activities, which have the potential to contaminate the hardware, were identified and
controlled by procedure. These activities include crew familiarizations, alignment and
envelopment measurements with the High' Fidelity Mechamcal Simulator and scientific
instrument to SIPE fit checks and integration.

Launch site integration activities are also a challenge to maintaining the servicing carriers
contamination levels. Because of their size, the servicing carriers must be integrated in Class
100,000 (M 6.5) facilities. However, the Class 10,000 (M 5.5) cleanroom protocols are used
which typically results in a significantly lower operating level — Class 10,000 to Class 20,000
during typical integration activities. During the scientific instrument insertion into the SIPE, the
cleanroom is run as a Class 10,000 (M 5.5) cleanroom with strict personnel limits (5). For both
the First and Second Servicing Missions, these cleanroom protocols have resulted. in hardware
contamination levels significantly below the required limit.



POST-MISSION RESULTS

The post-mission surface cleanliness results are similar for both SM1 and SM2. These levels
were measured while the carriers were in the payload bay at the Orbiter Processing Facility
within hours of the payload bay door opening. For both SM1 and SM2, the particle levels
ranged from Level 200 to Level 2000, per MIL-STD 1246. Those samples, which measured
Level 2000, typically included clothing fibers. Two swab samples were taken from each carrier,
one along the centerline and one from either the starboard or port sxdes of the carrier dependmg
on personnel access. These samples measured less than 1.0 mg/m As the carriers were
nominally 2.0 mg/m? just prior to launch and no suspicious species were identified, it was
concluded that neither the telescope nor the Orbiter had contaminated the carriers.

It should be noted that after the Second Servicing Mission, prior to the payload bay door
opening, work was performed on the Orbiter Thermal Protection System located on the payload
bay doors. When the carriers were inspected, debris was found on the carriers along the
centerline of the Orbiter. The debris was later identified through chemical analyses to be RTV
560, the adhesive used to bond the Thermal Protection System to the Orbiter. The payload bay
doors do not form a tight seal and the RTV fell into the payload bay and onto the carriers while
the Thermal Protection System work was performed. The cleanliness levels above do not
include this debris in the particle level results.

CONCLUSION

A contamination control program has been developed for multi-mission flight hardware,
which must meet stringent contamination requirements. The HST servicing carriers are integral
to the HST servicing missions, but cannot be a potential contamination source to the telescope
during EVA activities. Post-mission results from two servicing missions indicate that the
servicing carriers do not contaminate the telescope and conversely, the HST and the Orbiter do
not contaminate the servicing carriers. The main points of the HST servicing carrier
contamination control program that are applicable to any multi-mission hardware are listed
below.

1. Store, integrate, and test multi-mission hardware in stringently controlled
environments, preferably a cleanroom. When not in a cleanroom, double bag
hardware with approved bagging material. .

2.  Control the type and amount of all added materials to the multl-mlssmn hardware so
that outgassing limits are not violated. Verify, by test, that the batch of material
used will not be a significant contamination source.

3. Certify outgassing levels of added (new) hardware at the sub-assembly level prior
to integration onto the multi-mission hardware.

4. Maintain surface cleanliness levels during storage or low work periods. Periodic
cleaning is required for multi-mission hardware that is not bagged.
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Max Swanko (NSI), and Larry Dell (LMTO).

REFERENCES

1. RJ. Hedgeland, P.A. Hansen, and D.W. Hughes, “An Integrated Approach for
Contamination Control and Verification for the Hubble Space Telescope First Servicing
Mission”, SPIE 2216: 10-21, July 1994.

2. P.A. Hansen, et. al., “Hubble Space Telescope Second Servicing Mission Contamination
Control Program”, SPIE 2864: 27-35, August 1996.

3. P.A Hansen and CR. Maag, “Contamination Control Program for the Hubble Space
Telescope Second Servicing Mission”, Proceedings of the 7® International Symposium on
‘Materials in Space Environment’, SP-399: 135-142, June 1997.

4. P.A Hansen, RJ. Hedgeland, CR. Maag, and C.H. Seaman, “Results of STS-51 Orbiter
Crew Compartment Contamination Generation and EVA Payload Bay Transfer Experiment”,
SPIE 2261: 2-9, July 1994.

5. D.W. Hughes, R.J. Hedgeland, W.C. Geer, and B.N. Greenberg, “Maintaining a Class M 5.5
Environment in a Class M 6.5 Cleanroom”, SPIE 2261: 46-57, July 1994.



e 59, A% AERG
SUSIRT STRUCTIeL

prAE
toa? ALSTRARL]

COLOR CODE INDICATES FUIGHT CONFIBURATION, DIFFERENT FROM CURREST CONFIGURATION

Figure 2. Orbital Replacement Unit Carrier

10



)‘ .:J

AN _BAPS SUPPORT

§ T\ TPOST .

Figure 3. Flight Support System

LAUNCH CONFIGURATION (FWD FACE LOOKING AFT)

Figure 4. Rigid Array Carrier

11



o SRS ARSEMOREY .

Figure 5. Second Axial Carrier

UL 30815t

Figure 6. Multi-Use Lightweight Explorer

12



ORUC

FSS

Figure 7. The HST SM3 Carrier Configuration
The servicing carriers are shown integrated with the Orbiter. From the Aft (tail) forward are the
MULE, FSS, ORUC and RAC. The Orbiter external airlock is shown forward of the RAC.
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WATER OUTGASSING FROM MULTI-LAYER INSULATION BLANKETS AS A
DIFFUSION CONTROLLED PROCESS

David M. Silver
The Johns Hopkins University
Applied Physics Laboratory
Laurel, Maryland 20723

ABSTRACT

Water is a pervasive molecular species that is inherent as a consent in spacecraft materials,
especially Multi-Layer Insulation (MLI) blankets. On orbit the outgassing of wateroccurs at
rates that make a potential deleterious contiminant for cryogenic optical surfaces, either from
direct, ricochet or collisional return flux. The outgassing process persists over time and is
temperature dependent.

Laboratory measurements are available on the outgassing of water from MLI blanket
materials, which include single-sided and double-sided metalized plastic films and synthetic
netting. The results span a range of outgassing temperatures (-50C to +20C) over a time span
of ~100 hours. Empirical fits of these data have been assembled for each layer of a twenty
layer, double aluminized mylar (DAM) and Dacron netting (DN), MLI blanket (each layer at a
specified temperature) to from an MLI blanket model. The MLI blanket model has been used
to make predictions of the water outgassing environment for the Midcourse Space Experiment
(MSX) spacecraft, launched in April 1996. Comparisons of the model with MSX on-orbit
measurements, from a neutral mass spectrometer, total pressure sensor, krypton flash lamp
and radiometer, showed excellent agreement for the first several hundred hours of spaceflight.
However, the laboratory data forming the basis of the empirical model had been collected for
only 100 hours and the consequences of extrapolating an empirical fitting to longer times
became apparent from comparisons of on-orbit measurements taken about after 1000 hours of
spaceflight.

The fundamental physical processes in outgassing of water from MLI materials are
diffusion through the interstitial spaces and evaporation from the bounding surfaces. Since
diffusion is the controlling mechanism, the approach described here is to use the solutions of
the diffusion equations fitted to the boundary conditions and results of the laboratory
experiments to construct a time and temperature dependent outgassing model. Then it is the
time dependence of the physics-based governing differential equations that predict the behavior
at Jong times. Such a model has been constructed for DAM-DN and incorporated into an MLI
blanket model. Predictions from this model will be compared with on-orbit measurements
collected by the MSX flight instruments over the past year.
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CONTAMINATION CONTROL FOR ENVIRONMENTAL TESTS ON
OPTICAL INSTRUMENTS

F. Resch, C. Wuersching
IABG mbH, Ottobrunn, Germany

ABSTRACT

IABG is operating one of the ESA co-ordinated test centres within Europe with test facilities for space simulation/
thermal vacuum testing, vibration, acoustic noise, physical properties, EMC and magnetic field simulation. In this
connection environmental tests on optical systems of satellites are performed under specific cleanliness requirements for
the test facility and its surrounding equipment. Due to the contamination sensitivity of the optical systems the required
cleanliness levels for the integration area but also for the test facility are significantly higher than for ‘usual’ spacecraft
tests.

To perform the test programme on the ENVISAT instrument MIPAS (Michelson Interferometer for Passive
Atmospheric Sounding) one of IABG’s thermal vacuum facilities was upgraded according to the specific test
requirements and was integrated in a clean class 100 environment. special precautions were taken for the design of the
test facility to meet the cleanliness requirements inside the chamber (class 100 according to Fed. Std. 209). All materials
used inside the facility and the integration area where selected with regard to their potential contamination risk for the
test article.

During previous projects it was experienced that above all the integration and the setting to work phase of a facility
is a contamination critical process. Therefore dedicated integration and cleanliness procedures were developed. To
monitor the contamination level and the change of contamination versus time contamination measurements (PFO, IR-
analyses, etc.) were performed during these phases. Prior to the first tests on flight hardware extensive acceptance and
qualification programmes were carried out.

The paper will describe the specific measures taken for a reliable contamination control and the related experience
gained during the test programme. Further it will discuss the results and problems associated with testing under severe
cleanliness requirements.

Keywords: contamination control, cleanliness, environmental testing

INTRODUCTION

For the qualification and verification of the thermal design of optical systems for space application environmental
tests have to be performed under severe cleanliness conditions. Specific measures become necessary to avoid
contamination during testing and to ensure reproducible measurement results.

A medium sized thermal vacuum facility of IABG is used for the alignment and the thermal vacuum testing
performed on the ENVISAT MIPAS Instrument (EQM and FM). Due to the fact that both, particulate and organic
(molecular) contamination degrade the performance of the optical instrument contamination control is mandatory in this
test environment,

17



CONTAMINATION CONTROL
Particle Contamination

Particle contamination on optical surfaces lead to a degradation of the performance by generating straylight. For this
reason a maximum permissible Bidirectional Reflectance Distribution Function (BRDF) value is correlated with a
corresponding obscuration factor {1].

For the determination of particle contamination airborne particles and settled particles are measured. However, the
real time measurement of airborne particles by laser particle counters is only useful for monitoring the potential
contamination risk. Particles measured with this method are not yet fallen on the critical surface and especially smaller
particles (<0.5 pm) can remain airborne for a long time.

With the second method only particles which have settled on a surface are measured by means of a so-called PFO-
photometer. This offline method uses witness plates which are placed close to critical areas. In fixed intervals (> 1 day)
the obscuration values are manually read by putting the plates in the PFO photometer. In contrast to the measurement of
airborne particles the PFO method can also be used during thermal vacuum testing. Other methods, like tape lift or
counting particles under the microscope are used on a case by case basis.

Organic Contamination

Organic (molecular) contamination degrades the performance of optics by causing transmission loss, change in
spectral transmittance and change of thermal behavior. Molecular contamination is mainly produced by outgassing of
material from flight and test hardware, by personnel and by organic residuals in clean room air.

During thermal vacuum testing the potential risk for molecular contamination increases because the outgassing
process from material is accelerated and contaminants are released from warm surfaces by evaporation and are collected
from cold surfaces by condensation. Therefore it is mandatory to keep the most sensitive parts of the test article always
at higher temperature than the other parts of the test set-up.

SPECIFIC REQUIREMENTS FOR FACILITY CLEANLINESS

The standard requirements for molecular cleanliness of a thermal vacuum test facility and for integration areas are
defined by ESA [2] as

o thermal vacuum facility 1-107 g/cm? for an empty chamber run of 24 hrs
e integration areas 2-10” g/em? for period of 7 days

The molecular contamination is analyzed by means of IR-spectroscopy determining the amount of hydrocarbons,
esther and silicones. For particular contamination the Fed.Std. 209 is applied and usually clean class 100.000 is'
sufficient for most of the space programs. Beside this requirements for airborne particles ESA has defined limits for
particle fall-out in relation to clean room classes [3].

For the MIPAS test program performed at IABG specific cleanliness requirements were defined. The following
contamination limits for one vacuum cycle of the thermal vacuum chamber were specified:
¢ Molecular contamination < 1.5 -10°® g/cm?
o Particulate contamination < 33 ppm (measured by means of a PFO Photometer)

For the integration area in front of the facility that is used for the test preparation of the unprotected instrument the

following limits were defined:

e Molecular contamination < 2 -107 g/cm? per 7 days
e Clean room class 100 according to Fed. Std. 209
o Particulate contamination < 10 ppm per day (measured by means of a PFO Photometer)
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To meet this requirements potential contamination sources already had to be identified during the design phase and
installations and equipment forescen to be used had to be checked for their cleanliness. Suitable cleaning methods and
procedures had to be defined for the setting in operation phase and the final operation phases:

DESCRIPTION OF THE TEST FACILITY

Vacuum Chamber and Thermal System

The thermal vacuum test facility consists of a horizontal stainless steel vesse! (length = 2.2 m, diameter = 2.1 m)
mounted on a rigid steel frame. The chamber door is opened into a clean class 100 integration arca,

Fig. 1: Rear view of the 2-meter TV-facility

For the pumping system entirely oil free components were selected. For the range from atmospheric pressure to 10
Pa two scroll pumps in parallel configuration with a nominal pumping speed of 60 m3h are installed combined with a
hydro-kinetic drive Roots Pump with a nominal pumping speed of 500 m3h. For the range from 10 Pa to high vacuum
(<10” Pa) a Helium refrigerator cryo-pump with a nominal pumping speed for N; of 1-10* Us is installed. In order to
avoid the introduction of vibrations into the test set-up which may disturb the alignment measurements during the test
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the roughing pump system is mechanically de-coupled from the facility by flexible tubes. The cryo-pump which is
connected directly to the vacuum chamber is equipped with vibration absorbers at its cold head.

The thermal shroud consists of a cylinder build from flat aluminum shields with aluminum tubes welded to the rear
side of the shields. The temperature of the shroud is controlled with a combination of flow controlled LN, supply and
electrical surface heaters attached to the rear side of the shroud. The flat side of the shroud that is facing into the test
volume is painted with Electrodag 501 whereas the outer surface is unpainted. The thermal capabilities of the shroud
system are:

o Temperature range -185°Cto +130°C
e Max. temperature change rate  2°C/min

¢ Normal emittance €,2 0.83

e Solar absorptance og=0.96

To enable semi-automatic operation of the facility and to achieve a high degree of flexibility for future applications,
both the vacuum system as well as the thermal control systems are operated by means of a PLC system.

Data Acquisition System

The data acquisition system is a mobile unit with and has a capacity of 400 measurement. With this equipment the
facility data as well as the test article data are recorded. The system provides the following features:
¢ Graphical on-line monitoring, on-line printing of data and on-line data evaluation and plotting
e Acquisition of different of signal types (e.g. voltage, current, resistance, 4-wire measurements, etc.)
e min. scan intervals of 10 s for 400 channels
¢ ‘Multitasking / multi-user system (UNIX OS)

Clean Area

To meet the specific cleanliness requirements a clean room class 100 is installed in front of the chamber. The
complete installation is located within a clean room class 100,000. Due to the use of the pre-filtered class 100,000 air
the life time of the class 100 particle filters is extended considerably. The technical data of the clean area are:

¢ Cleanliness Class 100 (FED. STD. 209 D)
o Surface area (incl. airlock) app. 30 m?

e Flow direction vertical

o Air speed 0.3 - 0.5 m/s adjustable
¢ Material airlock 23mx2m

s Personal airlock equipped with an air shower
o Monitoring of airspeed and low pressure of pre-filter
¢ Shutter for darkening the area for dust control by UV-light

Figure 2 shows the situation of the facility integrated in the clean class 100 area. The chamber door and its flange is
facing into the class 100 environment while the rest of the facility is exposed to a class 100,000 area.

The door flange of the vacuum chamber is integrated in the class 100 clean area to ensure that in the test volume and
also in the integration area the required cleanliness condition are available and that the integration of the test article in
the chamber can be done without leaving the clean environment.
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Figure 2: Schematic of Test Facility and Clean Area - Top View

Due to the situation of the building a vertical flow system had to be chosen. One advantage of the vertical flow is that
the same level of cleanliness is available over the entire surface area of the clean tent. The drawback is that the quality of
the cleanliness decreases from top to bottom. Therefore bending above critical areas must be avoided because the
laminar flow is disturbed underneath.

SPECIFIC MEASURES AND INSTALLATIONS FOR THE CONTAMINATION CONTROL

Already during the design phase a specific contamination control plan [4] was issued describing the measures to be
taken to avoid contamination right from the beginning of the manufacturing phase. The major part of the pre-
installations on subsystem level like assembly and instrumentation of the thermal shroud took place in a clean class
100,000 environment. All critical steps (e.g. integration of the thermal shroud in the chamber) and activities where a
later cleaning was not feasible took place under clean class 100 conditions.

Prior to the installation of the thermal shroud into the chamber the Electrodag painting was outgassed at 150 °C
under ambient conditions for a duration of 7 days. Furthermore a number of bake-out runs at temperatures up 1o
+130 °C and at different vacuum levels were performed with the integrated facility. In the course of the bake-out runs
the facility was purged up 8000 Pa with gaseous nitrogen several times. During this bake-out phase the decrease of the
molecular contamination was monitored by taking wipe samples regularly. The decrease of the molecular contamination
is shown in Fig. 3.
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Fig. 3: Decrease of the molecular contamination due to bake-out of the test facility

For the operation of facility and integration area a specific cleanliness control procedure was issued describing the
applicable measures to control and maintain the cleanliness. Special attention was paid to the venting process of the
chamber to reduce turbulence at the inlet. The gas flow is extremely limited ‘which leads to a venting time of about 6-8
hours. The venting is performed with gaseous nitrogen up to atmospheric pressure via a set of micro and charcoal filters.
After the venting process entering of the chamber area is only allowed with a portable O,-concentration detector.

Because of the fact that the chamber door is integrated into the clean room only and the rest of the facility is exposed
to the class 100,000 environment an external flow box providing clean class 100 air is connected to the rear side of the
chamber. This flow box is switched on in case that chamber flanges or the chamber door must be opened. The airflow
generates a slight overpressure in the chamber preventing particles from entering the chamber through the openings.

The monitoring of the cleanliness conditions in the integration area is performed by means of particle counters
measuring the concentration of airborne particles at 6 different locations. Further PFO sensors and molecular
contamination witness plates are exposed. On a regular basis those are measured or analyzed, respectively. The -
cleanliness conditions inside the chamber are monitored quantitatively by PFO sensors and molecular contamination
witness plate. A qualitative inspection of the inner surfaces of the TV-chamber by means of UV-light is performed at
least before and after each test run.

GORETEX jumpsuits, cover boots and hoods were selected as clean clothes. Investigations have shown that under
similar conditions those release less particles than polyester garments and that GORETEX is more convenient for the
personnel wearing this clothes frequently. It was experienced that for an acceptable live time and performance of the
GORETEX garments the selection of a suitable cleaning company treating the garment according to the manufacturer’s
specification is mandatory.
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Fig. 4: MIPAS Instrument (EQM) in front of the open TV-chamber

CONCLUSION

The meanwhile performed tests on the MIPAS EQM and FM instruments have proven the efficiency of the applied
contamination control procedures. In general the required limits for particle and molecular contamination were kept
during the past two years. The discipline and behavior of personnel in the clean room has a major influence on the
quality of the cleanliness. Therefore it is obvious that people working in this areas need sufficient training.

The effort put into the cleanliness aspects during the design phase have prevented from major problems in the
operational phase. If the material and equipment to be used is selected under consideration of their cleanliness and the
design is such that all critical parts are accessible for cleaning the contamination risk for the test article can be reduced.

One of the findings during the test program is that the reproducibility and reliability of PFO measurements in clean
rooms with laminar airflow is significantly better than in turbulent clean rooms. A reliable correlation between airborne
particles and PFO measurements seem to be feasible.
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MOISTURE CONTENT AND DESORPTION RATE
OF A GR/EP HONEYCOMB PANEL

Aleck L. Lee
Lockheed Martin Missiles & Space
Sunnyvale, CA

ABSTRACT

A diffusion outgassing model has been developed to predict the moisture content, concentration
distribution and the surface desorption rate of a graphite epoxy panel as a function of temperature and
time. The model was applied to a honeycomb panel with aluminum core and graphite epoxy face sheets.
The analytical results have been used to predict the internal pressure of a spacecraft during a thermal
vacuum test and to determine the temperature and the duration of the thermal vacuum bakeout. An
example of the latter application related to the attitude reference platform of a scientific satellite is
discussed. The results show that, with an initial moisture content of 0.002 by weight, the average moisture
concentration in a 64-mil graphite epoxy panel is reduced to 1/10 of its initial value after 49 days at
240K. For a hot case at 250K, it requires 43 days to reduce the moisture content to the same level. The
model was also applied to find the temperature of the face sheet so that the moisture content is reduced to
10% or 5% of its initial value in 30 days. The answers are 21.2°F (267K) and 54.5°F (285.5K),
respectively, for the two-sided model.

INTRODUCTION

Honeycomb panel with aluminum core and graphite epoxy (Gr/Ep) face sheets has found many
applications on a spacecraft because of its light weight and high stiffness properties. Gi/Ep face sheet
absorbs water moisture when it is exposed to ambient environments. The absorbed moisture is released in
vacuum when the spacecraft is on-orbit. The loss of moisture has detrimental effects on satellite
operations. Loss of moisture causes dimension instability of the Gr/Ep panel as it shrinks. The outgassed
molecules also contribute to the ambient pressure. If the outgassed flux is vented into the enclosure of a
satellite where high frequency equipment are located, the ambient pressure may be conducive to corona
discharges and operation anomalies. The venting problem with the Gr/Ep panel as an outgassing source
has been studied and reported. (Refs. 1 and 2) In the present study, the attention is focused on the
moisture content that affects the dimension stability of a Gi/Ep panel.

The moisture desorption rate from a Gr/Ep panel is governed by diffusion processes, which are
represented by a diffusion equation (Ref. 3). The desorption rate is proportional to the concentration
gradient at the surface. The desorption rate is the outgassing flux at the surface, which can be calculated
from the moisture distribution across the thickness of the panel. The diffusion model was developed for
the cases where the panel outgasses from one side or from both sides of the panel. In the 1-sided case, the
non-outgassing side is insulated and the concentration gradient is zero at the surface. It takes longer to
reach the desired moisture content level if the panel is outgassing on one side only. In the 2-sided case,
the concentration is assumed to be symmetric in either half thickness.

The diffusion coefficient depends strongly on the temperature. An integration of the diffusion
coefficient over time will account for the variations in temperature during this time period (Ref. 4). A
comparison of the desorption rate with varied temperature and with constant temperatures shows the
effects of the temperature history. The model has been applied successfully to predict the pressure inside a
spacecraft payload where the Gr/Ep desorption is the driver of the internal pressure. The predicted results
correlated well with the pressure measurements taken during a thermal vacuum test and verified the
diffusion outgassing model. The model was later used to determine the required desorption time when
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high voltage components in the payload enclosure can operate safely, for both thermal vacuum test and
on-orbit operations. ,

SYMBOLS
C concentration (g/cm3)
Cavg average concentration (g/cm3)
D diffusion coefficient (cm2/sec)
Do initial diffusion coefficient (cm%/sec)
E activation energy (cal/g-mole)
h total panel thickness (cm)
j surface outgassing flux (gfcm2-sec)
R universal gas constant (1.9872 cal/g-mole K)
t time (sec)
t* integrated diffusion coefficient (Eq. 3)
T temperature (K)
X distance across thickness (cm)
METHOD OF SOLUTIONS
Diffusion Flux Model

The outgassed molecules from a Gr/Ep face sheet panel are primarily HpO molecules. The

outgassing flux is governed by a diffusion process through the thickness of the panel. There are various
diffusion processes in the nature, but the model used here follows the Fick's law of diffusion with constant
diffusion constant. Flux of outgassed molecules is proportional to the concentration gradient, while the
concentration, C, is governed by the one-dimensional diffusion equation, shown below.

2
c_ o
x5 e
dC
o[
ox x=h/2 @)

As the temperature changes, the outgassing rate on the surface of a Gr/Ep panel varies, because the
value of diffusion coefficient D(T,t) changes. The concentration distribution C(x,t) depends on the
ontgassing history of the panel. In order to account for the past outgassing history of the panel, a
transformation in the diffusion equation is proposed (Ref. 4). Let t* be defined as follows.

t
0
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Introducing the parameter t* to replace t in the diffusion equation, the new diffusion equation
becomes :

dc _ o%c
The diffusion equation now is independent of the diffusion coefficient, which has been
normalized to unity in the equation. The solutions of Eq. (4) for a flat plate are available in the literature
(Ref. 5).

Concentration and Surface Flux

For an infinite plate outgassing to both sides, the concentration C is given below in Eq. (5), where
0<x<h. Egqg.(2)is then applied to obtain the outgassing rate j at the surface, shown in Eq. (6).

2h

4C, . 1 -@n+l)’ m? e (20+1) X
€= Z(2n+1) © sind ) (5)
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0x h g‘

(6)

X=,

Similar solutions can be derived for an infinite plate which outgasses from one side only. In this
case, the plate is assumed to be at 2h thick, while the computation space is limited to 0 < x < k. The
surface at x=0 is insulated, and the surface at x=A is open to vacuum. The solutions for concentration
and the outgassing flux at x=h are listed as follows.

_ 41?0 (2(;111“1) -Cn+1)? R t*/4K? cos ((2n-;1;nx)
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The average concentration across the thickness # of the plate can be obtained by integrating the
concentration, given by Eq. (5) or Eq. (7) as the case may be. The average concentration for a 2-sided
plate is shown in Eq. (9), and that for the 1-sided plate in Eq. (10).
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Diffusion Coefficient

The diffusion coefficient D, is a function of temperature. An exponential model for diffusion
coefficient has been proposed (Refs. 3, 4, and 6). The model of D is shown in Eq. (11). The coefficients,
Dy, and E , can be determined from measured material outgassing data.

D =D, o ERT (11)

DESCRIPTION OF THE HONEYCOMB PANEL

The Attitude Reference Platform (ARP) is the structural base where precision guidance
instruments, such as control gyro, star sensor, and laser reflectometer, are mounted. The ARP requires high
degree of dimensional stability for pointing accuracy. A scientific satellite may have several ARP’s. The
ARP is made of a composite panel with M55J/954-3 graphite epoxy face sheets and an aluminum
honeycomb core. Figure 1 shows a typical ARP panel with cutouts and mounting inserts. Figure 2 shows
an exploded view of the panel blank. The Gr/Ep face sheets vent to the exterior and to the cells of the
honeycomb core in this application.

The loss of moisture in the Gi/Ep face sheet causes dimension changes of the platform and
pointing accuracy on orbit. In order to minimize the dimension change, the initial moisture content is
reduced through thermal vacuum (TV) bakeout. The diffusion outgassing model was applied to predict
the moisture content, concentration distribution, and surface desorption rate of the panel, as a function of
time and temperature in the TV bakeout. Results from the model provide the basis to design the TV
bakeout temperature and duration or to determine the time required to deplete the moisture on orbit.

Fig. 1 Panel substrate of the Attitude Reference Platform.
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Fig. 2 Exploded view of the panel blank, showing the graphite epoxy face sheet paneis.

PREDICTED RESULTS
Measurement of the Diffusion Coefficient

The measured data for M55)/954-3 composite material show that the values of D are 3.19x10-2
cm?/sec at 20 °C and 5.43x10"9 cm?/sec at 65 °C. Based on these data, the value of Dy, and E in Eq. (11)
are calculated. The diffusion coefficient of M55J/954-3 is expressed as follows.

D = 1.7335x10-7 e -2326.26/1.9872T (12)

Figure 3 shows the diffusion coefficient for M55J/954-3 composite material as a function of
temperature. The solid line in the figure shows the diffusion coefficient for M55)/954-3, while the dashed
line is for another Gr/Ep material (K13C2U/954-3) as a reference.
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Fig. 3 Diffusion coefficients of Gr/Ep materials versus temperature.
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Predicted Results for On-Orbit Outgassing

The diffusion process is applied to the ARP facesheet, which is 64 mils thick and has an initial
moisture content of 0.002 by weight. In order to maintain dimension stability, the desired target level is
1/10 of this initial moisture content.

The temperature profile of the ARP facesheet after launch can be calculated with a thermal model.
Figure 4 shows the temperature profile of a nominal case. In this case, the temperature drops rapidly from
ground level ambient temperature to a fluctnating final temperature. The average final temperature of the
facesheet is -33°C (240K). This temperature is adopted as the nominal case. A hot case has also been
considered, where the final average temperature is 250K.
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Fig. 4 ARP temperature after Launch.

The diffusion outgassing model was used to compute the moisture concentration profiles of the
facesheet panel. The concentration profiles at selected time intervals for the nominal 1-sided and 2-sided
models are shown in Figures 5 and 6. The average concentration across the thickness of the plate is
computed by integrating the concentration profile at each time interval. For the nominal case, the time
required to reach 1/10 of the initial average concentration is 197 days for the 1-sided case, and 49 days
for the 2-sided case. For the hot case of 250K, the concentration profiles are shown in Figures 7 and 8.
The time required to reach 1/10 of the initial average concentration is reduced to 170 and 43 days for the
1-sided and the 2-sided case, respectively.
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Fig.5 Concentration profiles for the one-sided plate at 240K.
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Since the time required to reach 1/10 of its initial concentration varies for the 1-sided model is
roughly four times that of the 2-sided model, it is necessary to determine which model is appropriate here.
The key is the difference between the water vapor pressure and the ambient pressure. If the water vapor
pressure is higher than the ambient pressure next to the inner panel surface, the water molecules will vent
to the ambiance freely, just like the outer surface, and the 2-sided model will be appropriate to predict the
moisture content.

The pressure inside the honeycomb core is vented out to the ambiance fairly quickly. An earlier

study showed that the pressure in the honeycomb core of a radiator panel would reach 10-7 torr after 12
hours on orbit (Ref. 7). The water vapor pressure at low temperature is found to be 4.6 torr at 273K and
drops to 0.29 torr at 243K (Ref. 8). The pressure in the honeycomb core is several orders of magnitude
lower than the water vapor pressure at these temperatures. The water moisture in the facesheet will diffuse
freely from the inner side bonded to the honeycomb core, just like the outer side which is exposed to
space environment. The two-sided diffusion solution is appropriate.

The inverse problem of determining the required temperature for a given time can also be solved
with the diffusion model. Let the final target moisture be 10% or 5% of its original value, and the
desorption duration be 30 days. The required bakeout temperatures for the 1-sided and 2-sided panel are
predicted. Table 1 summarizes the results.

Table 1 Required temperatures to reach moisture targets

Target moisture content in 30 days
Diffusion Model 10% 5%
2-Sided 267K (21.2°F) 285.5K (54.5°F)
1-Sided 390.5K (243.5°F) 431.5K (317.3°F)

Predicted Results for Bakeout Outgassing

In a thermal vacuum bakeout, the temperature varies with time to simulate the on orbit thermal
conditions. In a particular scenario, the temperature varies between 40°F and 100°F. The temperature
profile is shown in the bottom part of Figure 9. The figure also shows the surface outgassing fluxes of the
1-sided model for constant temperatures and varied temperature profile. The parallel curves represent the
outgassing flux at constant 40°F, 70°F, and 100°F.

The outgassing flux for the varied temperature case demonstrates interesting features of the
diffusion outgassing model. When the temperature rises to 100°F, the outgassing flux rises above the flux
of constant 100°F. This can be explained by reasoning that the moisture content is higher in the varied
temperature case when the panel was subjected to lower temperature. The situation is reversed when the
temperature is lowered to 70°F and 40°F later. The outgassing flux is lower than that of constant
temperature cases. This is because the panel is depleted of its moisture faster during the high temperature
outgassing period. This comparison shows how the outgassing flux of a Gr/Ep panel depends on its prior
outgassing history. The panel possesses a memory of the outgassing process.

Table 2 summarizes the results of outgassing flux for both 1-sided and 2-sided models. Note that
the outgassing rate at constant 100°F is higher than that at 40°F initially. As time elapses, the outgassing
rate at 100°F becomes lower than that at 40°F, because the moisture is depleted faster at the higher
temperature and the moisture concentration has a flatter distribution. This is especially evident in the 2-
sided case. The outgassing flux model has been used to predict the pressure of satellite enclosure during
thermal vacuum tests. The predicted results correlated well with the measured data and validated the
outgassing model (Ref. 1).
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Fig. 9 The desorption rate with variable temperatures.
Table 2  Surface outgassing rate of the 64-mil Gi/Ep panel
Time, | Outgassing Varying Constant 40°F | Constant 70°F | Constant 100°F
day Mode Temperature (277.4K) (294.1K) (310.8K)
1 1-sided 2.491E-10 1.938E-10 2.185E-10 2.431E-10
1 2-sided 2.185E-10 1.938E-10 2.185E-10 2.431E-10
2 1-sided 1.195E-10 1.370E-10 1.545E-10 1.719E-10
2 2-sided 1.545E-10 1.370E-10 1.545E-10 1.719E-10
10 1-sided 6.882E-11 6.128E-11 6.907E-11 7.680E-11
10 2-sided 5.606E-11 5.518E-11 5.606E-11 5411E-11
30 1-sided 3.639E-11 3.408E-11 3.646E-11 3.740E-11
30 2-sided 6.932E-12 1.064E-11 6.934E-12 4.067E-12
45 1-sided 2.455E-11 2.488E-11 2.459E-11 2.301E-11
45 2-sided 1.446E-12 3.100E-12 1.446E-12 5.838E-13

(unit; g/cmz-sec)

33



CONCLUDING REMARKS

A diffusion flux model was developed to compute the outgassing characteristics of a graphite
epoxy panel. The model computes concentration profiles, average moisture contents, and the diffusion
flux at the surface. The diffusion coefficient was modeled with an exponential function where the
coefficients were determined from measured outgassing data. An integrated diffusion coefficient was used
in the diffusion model to account for the outgassing history of the Gr/Ep panel.

The diffusion flux model can be used to verify the methods and processes to reach the desired
moisture contents in a Gr/Ep panel with a given time period. The options include raising the temperature
of the panel on orbit, bakeout on ground and dry air purge, reducing the thickness of the panel, and using
the material with a higher diffusion coefficient.
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ABSTRACT

The purpose of this paper is to evaluate the statistical molecular contamination data with a goal to
improve spacecraft contamination control. The statistical data was generated in typical thermal vacuum
tests at the National Aeronautics and Space Administration, Goddard Space Flight Center (GSFC). The
magnitude of material outgassing was measured using a Quartz Crystal Microbalance (QCM) device
during the test. A solvent rinse sample was taken at the conclusion of each test. Then detailed qualitative
and quantitative measurements were obtained through chemical analyses. All data used in this study
encompassed numerous spacecraft tests in recent years.

INTRODUCTION

Outgassing from polymeric materials is a major molecular contamination source for spacecraft.
Rigorous contamination control efforts in the selection of materials, cleaning of sub-assemblies, and
integration procedures is necessary in order to minimize material outgassing and accomplish an acceptable
overall cleanliness. Among all efforts, high temperature thermal vacuum bakeout is considered as one of
the most effective methods in reducing the material outgassing in order to achieve acceptable on-orbit
performance. '

During the thermal vacuum tests, many monitoring devices were applied to measure the outgassing
levels. Devices such as a Residual Gas Analyzer (RGA), pressure gauge, and QCM were commonly used
tools. These devices provided valuable “fingerprint” information for the conditions of the chamber and the
test components. At the conclusion of each test, cold finger™™ and scavenger plate samples were typically
taken for further chemical analyses using infrared spectroscopy and mass spectrometry. Individual test
data from the monitoring devices and analyses have been widely applied in evaluating the component
conditions and identifying outgassing species for contamination control purposes. However, a statistical
approach to correlate the data is not currently available.

An effective approach to spacecraft contamination control may be accomplished by a systematic

method based upon statistical material outgassing data. It is imperative to monitor, evaluate, and correlate
the contamination data in order to improve overall spacecraft contamination control. Relevant test data
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from Hubble Space telescope (HST) and other satellites is presented to support the approach of a statistical
evaluation of molecular outgassing as an effective spacecraft contamination control process.

MOLECULAR CONTAMINATION INSTRUMENTATIONS
Quartz Crystal Microbalance

The Thermoelectric Quartz Crystal Microbalance (TQCM) and M-2000 control unit system measures
and records condensable mass that deposits on a piezoelectric crystal. Extreme accuracy was obtained by
comparing the exposed measurement crystal to an encapsulated reference crystal located in the same TQCM
head. A computer controlled thermoelectric device provides a high degree of crystal temperature control, which
was vital for accurate frequency measurement. Two TQCM sensing units were used, 10 MHz or 15 MHz.

The dimension of the TQCM was 5 cm (2 in) diameter x 25.5 cm (10 in) length. The mass sensitivity
was 4.43 x 10° g/cm®-Hz for the 10 MHz unit and 1.97 x 10° g/cm®Hz for the 15 MHz unit. The crystal
temperature was operated between -50 and +100 °C within + 0.1 °C accuracy. One or more TQCM sensing
units were installed in a thermal vacuum chamber. The chamber was pumped down to a test pressure of 1.33
mPa (10° torr) or less, at which point the TQCM was turned on and set for the appropriate operating
temperature. As the test articles outgassed and materials condensed on the TQCM sensing crystal, the crystal
frequency increased directly proportional to the amount of deposition from test article outgassing.

The function and control of a Cryogenic Quartz Crystal Microbalance (CQCM) was similar to that of a
TQCM. The CQCM with mass sensitive piezoelectric crystals were operated between 268 and 127 °C.

Residual Gas Analyzer

The RGA was used to measure the partial pressures of ionized molecules over a mass range of 1 to 300
atomic mass units (AMU) where the best sensitivities were below 100 AMU. Using a combined Radio
Frequency (RF) and electrostatic field formed by two metal rods, the RGA scanned the mass range and detected
the partial pressures of each element or compound fraction. The RGA probe was located in the thermal vacuum
facility and was oriented to maximize the detection of the outgassing species. After the facility pressure reached
13.3 mPa (10 torr), the instrument was activated. An alternate technique was to use the micro-sampling valve at
high chamber pressure. Monitoring and recording of the vacuum environment was via a display meter and
printer. The data was stored and recalled upon command. An integrated programmable data system with dual
disk drives allowed flexibility in scanning, monitoring, storing, printing, and recalling the data. Three models
(MKS PPT 200EM, MKS PPT 100F, and Leybold C100F) were available for various test conditions.

Cold Fingers

Cold fingers are small stainless steel cylinders which were mounted in the test volume of each
thermal vacuum chamber. The size of the cold finger was 5.0 cm diameter x 10.0 cm height with a surface
area of 142 cm” nominal. The cold finger was operated during the last 8 hours of the test at an operating
temperature of -196 °C (-321 °F). At this cold temperature, condensable vapors were collected by the cold
finger and analyzed after the test. In some cases, a large cold plate (scavenger plate) was used to collect
the condensable materials. The cold finger was maintained at liquid nitrogen (LN,) temperature during test
and maintained until the chamber was backfilled to 80 kPa (600 torr).

The cold finger was thoroughly cleaned before the test. After the test, the cold finger was warmed
and again rinsed with spectroscopic-grade isopropyl alcohol. The rinse sample was collected in a clean
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bottle and sent to the Materials Engineering Branch for chemical analysis. Scavenger plates were operated
at LN, temperature throughout the test and then rinsed and analyzed in the same manner.

‘Witness Mirrors

Aluminum coated witness mirrors are used primarily to collect outgassed materials in the thermal
vacuum chambers and placement within the chamber was not critical in collecting condensable matter. To
determine the quantity of material on the mirror, reflective ultraviolet measurements were made prior to
test, and then compared to post-test measurements for reflectivity changes. The mirror was placed inside
the thermal vacuum chamber (or other environment) and allowed to remain in that location for the duration
of the test. In most cases, the mirror's temperature followed the thermal vacuum chamber temperature
profile. For large accretions (greater than 10% change in reflectivity) the mirror was sent to the Materials
Engineering Branch for chemical analysis of the non-volatile residue (NVR).

The mirror size was 5 cm x 5 cm (2 in x 2 in) with 600 to 800A of aluminum coated on one side
and layered with 250A of Magnesium Fluoride (MgF,). Typical measurement wavelength ranges recorded
were 12164, 16084, and 2000A with + 2% measurement error. The operating temperature range of the
mirrors was between -190 and +100 °C (-310 to +212 °F).

Fourier Transform Infrared Spectrometer (FTIR)

_ The infrared spectrometer instrument was used to obtain Fourier transform data processing to produce
transmission spectra. The Materials Engineering Branch FTIR was a Nicolet 710SX research grade instrument
used for the identification of organic functional and transmission characteristics of materials from 4000 to 400
cm with a resolution of 4 cm™. Infrared spectra were produced by measuring the amount of infrared radiation
which a material absorbed at different wavelengths. These measurements were then compiled and a "fingerprint"
spectrum was produced showing all the absorption bands throughout the infrared region.

Gas Chromatography/Mass Spectrometry (GC/MS)

A gas chromatograph interfaced with a quadrupole mass spectrometer was used to analyze the cold
finger residue. The GC/MS had an analysis range of 1 to 1000 AMU. By factoring the instrument
parameters along with the type and length of column used in the GC, a precise identification of a compound
was made. The system that collected most of the cold finger data was a Nermag R10-10C mass
spectrometer interfaced with a Varian 3300 gas chromatograph.

CONTAMINATION DATA COLLECTION

The thermal vacuum chambers were operated by the Environmental Test Engineering and
Integration Branch at GSFC. The test articles along with their test fixtures were placed in a chamber
where a QCM detected the deposition of mass. A Temperature Controlled Witness Mirror (TCWM) and a
metallic cylindrical "cold finger" were utilized to collect the contaminant for further study.

The QCM and witness mirror were positioned, usually as close as possible to the test article, to fill
the QCM’s field-of-view. The QCM, the witness mirror, and the walls of the vacuum chamber were kept
at specific conditions. At the end of the test, the cold finger was rinsed and the solvent was collected for
chemical analysis. The cold finger was evaporated in air and the total amount of residue was determined.
FTIR analysis was then performed on the residue. Since the residue was frequently a mixture of various
compounds, the FTIR analysis was used as a screening test to identify the various classes of compounds
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present in the sample. The residue was analyzed using GC/MS to obtain a more precise identification of
each component. : ‘

Statistical QCM data

Statistical QCM data were obtained from the tests between November 1995 and January 1997.
The types of the tests were thermal vacuum, thermal balance, and bakeout. About 200 thermal tests were
performed in this time period. There were only 167 tests with complete QCM and cold finger data for this
statistical study. Test articles included the flight materials, thermal blanket, solar array, electronic boxes,
harness, cables, flight support hardware, instruments, and full spacecraft complements. Major projects
such as: HST, Tropical Rainfall Measuring Mission (TRMM), Cassini Composite Infrared Spectrometer
(CIRS), Mars Observer Laser Altimeter (MOLA), Geostationary Operational Environmental Satellite
(GOES), Fast Auroral Snapshot Explorer (FAST), X-ray Timing Explorer (XTE), and Transition Region
and Coronal Explorer (TRACE) were included in the data reduction.

During the thermal vacuum tests, recorded QCM readings were strongly influenced by the
collection temperature and environmental parameters of the thermal vacuum chamber. Therefore, the
relationships among QCM temperatures, chamber shroud temperatures, and QCM readings were critical
clements to be studied. These factors were changed frequently to reflect the test conditions stated in the
thermal vacuum test procedures. For a meaningful comparison, only data prior to the activation of the cold
finger was compiled. As shown in Table 1, 167 QCM data points were reported for various temperature
ranges. Under normal tests, QCMs were kept at —20 °C for easy operations and best readings. For the
majority of the thermal vacuum tests (156 tests), QCM temperatures were maintained at —20 °C. For these
tests, only regular TQCMs were needed. Less than 7% of the time (11 tests), QCMs were held below —50
°C. Under these occasions, colder QCMs were used to simulate actual hardware conditions in order to
understand the potential of the molecular deposition. For the test requiring the temperature as cold as —135
°C, a CQCM was needed. '

Table1 QCM Temperatures

QCM Temperatures (°C) Number of Tests
-135 1
-50 to -70 10
=20 156
167

During the thermal vacuum tests, the shroud temperatures greatly affected the temperature profiles
and material outgassing. In these 167 tests, the shroud temperatures were maintained between —175 and
100 °C to provide proper temperature conditions for the test articles. As shown in Table 2, there were 42
tests with the shroud temperature below —20 °C, 7 tests with a range of -20 and 25 °C, 65 tests with a
range of 25 and 90 °C, and 53 tests above 90 °C. The distribution of the shroud temperature reflected the
nature of the tests. Normal thermal vacuum tests were operated between —20 and 90 °C. During the
bakeout or chamber certification, the temperature of the shroud was raised to approximately 100 °C to
promote the material outgassing and chamber cleaning. Chamber temperatures higher than 100 °C were
prohibited to prevent severe outgassing from the chamber wall or test articles. Cold chamber shroud,
functioned like a large scavenger plate, and thus isolated chamber outgassing from test articles outgassing.
Liquid or gaseous nitrogen was used to cool the shroud for the below room temperature operation.
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Table 2 Thermal Vacuum Chamber Shroud Temperatures

Shroud Temperatures (°C) Number of Te:
<20 2
-20 t025 7
25 t090 65
> 90 53
167

Both 10 MHz and 15 MHz QCMs were commercially available. Each type of QCM had a unique
mass sensitivity depending upon the manufacturer. The baseline for the thermal vacuum tests at GSFC
was the 10 MHz QCM. For this study, the values of the 15MHz QCM were converted to the 10 MHz
QCM. Table 3 shows the actual or the equivalent readings of a 10 MHz QCM for all 167 tests taken prior
to the activation of the cold finger. There were 22 tests with the QCM readings below 1 Hz/hr, which was
the minimum sensitivity of a QCM. Two significant factors existed for tests with QCM readings of less
than 1 Hz/hr. The negligent QCM readings indicated either the test articles were required to meet a very
stringent requirement or the tests were performed at low temperatures. The majority of the QCM readings
were within 2 to 250 Hz/hr which illustrated the goal of reducing test article outgassing during the thermal
vacuum tests. The tests with QCM readings around 300 Hz/hr represented the bakeout or chamber
certification. The QCM value of 300 Hz/hr was a general criterion for a hardware bakeout process that the
chamber was guaranteed to meet. For the post chamber certification, the thermal vacuum chambers were
required to meet the 300 Hz/hr cleanliness level.

Table 3 QCM Readings

QCM Readings (Hz/hr) Number of Tests
<1 22
2to 50 65
50 to 250 24
250 to 300 37
> 300 19
167

Statistical cold finger chemical analysis data

In addition to the statistical QCM data, the statistical chemical analysis data were also obtained.
Upon receiving the cold finger sample, the Materials Engineering Branch’s laboratory performed the
chemical analyses using the FTIR and GC/MS techniques. NVR results from these chemical analyses
provided the quantity of the molecular contaminants, identified various outgassing species, and in some
cases confirmed contamination sources. Table 4 shows the quantity of the NVR collected during the cold
finger period. The amount of the NVR was directly proportional to the molecular outgassing inside the
thermal vacuum chamber afier the activation of the cold finger. There were 31 tests with the NVR values
of less than 0.1 mg. A small NVR (<0.1 mg) always indicated a low outgassing nature of the test articles.
For example, some HST hardware were required to be baked out to below 1 Hz/hr. Most of the NVR
values after normal thermal vacuum tests were below 0.5 mg. Typical NVR values after the chamber
bakeout and certification were around 1.0 mg because of the high temperature.
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NVR values of 2.0 mg and higher suggested problems associated with the test articles and/or
thermal vacuum chambers. One example was that a high concentration of hydrocarbons was constantly
detected when the temperature of the chamber shroud was 100°C or higher. These hydrocarbons were
associated with the lubricating oils, machining oils, and greases used on various parts of the thermal
vacuum chamber. The other example was due to the malfunction of the cooling system of the cold finger.
The cold finger sample was inadvertently activated at the beginning of the thermal vacuum test, and
exceeded the normal 8-hour operation period.

Table 4 Cold Finger Results

NVR (mg) Number of Tests
<0.1 31
0.1t00.5 52
05t01.2 49
>12 35
167

Cold finger chemical species

Besides the NVR values, principal chemical species were identified from the chemical analysis.
The chemical species with their frequency of occurrences are shown in Table 5. There were more than 40
identifiable chemical species commonly detected during the thermal vacuum tests at GSFC.

A plasticizer is a high-boiling molecular compound or softening agent, usually liquid, added to a
polymer to facilitate processing or to increase flexibility or toughness. Some commercial plasticizers use
complex mixtures of phthalate esters. Di-(2-ethylhexyl) phthalate (DEHP) is used primarily as one of
several plasticizers in polyvinyl chloride (PVC) polymers to make them flexible. Some PVC can contain
up to 50% by weight of plasticizers. DEHP was the most observed plasticizer of GSFC’s cold finger
samples. Dibutyl phthalate (DBP) and Butyl benzyl phthalate (BBP) also function as plasticizers for many
rubbers and a wide range of other synthetic resins. In addition, di-(2-ethylhexyl) adipate, di-(2-ethylhexyl)
azelate, and di-(2-ethylhexyl) sebacate were also frequently outgassing compounds from the polymeric
materials. Triphenyl phosphate (TPP) and 2-butoxy ethanol phosphate 3:1 are common flame retardant
compounds added to the polymeric materials either as plasticizers or as an anti-wear additive. TPP was
found to be outgassed from the flight hardware as the additive to the TRMM thermal blankets.

Room-temperature vulcanizing (RTV) silicone adhesives and sealants are designed for a wide
range of sealing, bonding, and protection for spacecraft applications. Therefore, adhesive material of
silicones were easily detectable during the thermal vacuum tests. There were 88 occurrences of either
methy] silicones, methyl pheny! silicones, fluorinated silicones, or silicones. On one sample, methyl
silicones was detected because a piece of pink polyester tape with a silicone adhesive was inadvertently
placed on the thermal blanket. This blanket was removed from a test fixture hardware, the pink polyester
tape was removed, and the fixture was cleaned with a solvent prior to installing a new thermal blanket on
the fixture. Methyl silicones were also identified to be released from silicone grommets used in the
assembly of the electrical connectors, from silicone foam, from Furon Chorlastic R-10404, or from
Thermobond used for the heat sink on the circuit boards. Fluorosilicone material, ZZ-R-765, was
identified as part of the assembly of the electric connectors (the insulator material) used on the flight
hardware.
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Table 5 Occurrence Frequency of Chemical Species

Chemical Species Number of Occurrences
Plasticizer ‘
Di-(2-ethylhexyl) phthalate 159
Butyl benzyl phthalate 98
Di-(2-Ethylhexyl) adipate 74
Di-(2-Ethylhexyl) sebacate 70
Di-(2-Ethylhexyl) azelate 66
Phthalate ester 46
Triphenyl phosphate (TPP) 40
Dibutyl phthalate 31
Didecyl phthalate 19
2-butoxy ethanol phosphate 3:1 18
Dioctyl phthalate 10
2-Mercaptobenzothiazole (MBT) 6
Azelate ester 4
Butylbenzenesulfonamide 1
Elastomers
Methyl silicones 52
Methyl pheny! silicones 25
Silicones 9
Fluorinated silicones 2
Polymers and Adhesives
Bis-phenol-A(Epoxy) 45
Aromatic amine (uralane) 21
Unknown phthalimide (epoxy) 14
Methyl-benzenediamine (epoxy) 13
Methylene diphenol (Primer 9924) 12
Unknown amine (epoxy) 9
Aliphatic amine (epoxy) 7
Polyurethane curing agent 5
Acrylic adhesive 1
Other Compounds
Saturated & unsaturated hydrocarbons 167
Palmitic acid 114
Detergent derivatives 67
Stearic acid 51
DC704 diffusion pump oil 20
Calcofluor (Fluorescent tracking compound) 20
Myristic acid 18
Phthalic anhydride 14
Benzoic acid 4
Tetraethylene glycol di-2-ethylhexanoate 3
Lauric acid 3
2-Hydroxy 4-methoxy benzophenone (antioxidant) 2
Erucamide 1
Tri-(allyl) cyanurate 1
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Caprolactam (Nylon-6 bagging contaminate) did not appear in any cold fingers while Tri-(allyl)
cyanurate was only detected once. These highly volatile compounds were normally vaporized before the
activation of the cold finger. As a result, these compounds were detected in large quantities in the
scavenger plate samples which were activated earlier to preserve volatile chemical species. In contrast,
Bis-phenol-A was less volatile and was only found in certification samples because it was derived from the
epoxy chamber coatings at high temperature. Bis-phenol-A was a major outgassing species from the
TRMM beta cloth. Methylene diphenol most likely came from Chemglaze 9924 wash primer used with
polyurethane coating materials on the flight hardware.

Occasionally an aromatic amine from the curing agent in various Uralanes was detected from the
test samples. For example, Uralane 5753LV with CAB-O-SIL was used as a staking compound on a piece
of flight hardware. Final analysis could not define whether the curing agent was excessively added to the
mixture or whether the polyurethane was not cured completely before the thermal vacuum test.

Saturated & unsaturated hydrocarbons were the most common chemical species. The butoxy
compound, possibly from the detergent used for cleaning the chambers, was detected when the chamber
temperature was high and the amounts of other residues were low. Fatty acids such as palmitic acid,
myristic acid, stearic acid, and lauric acid were frequently found in the test. They were often natural
organic oils commonly used in polymers, antistatic agents, and general handling contaminants (including
fingerprints). They were soluble in alcohol and were easily removed by a simple solvent cleaning.

Calcofluor, a fluorescent tracking compound, was observed 20 times during all tests. This was an
additive usually found in polyurethane conformal coatings. The percentages added to the conformal
coating usually varied from tenths of a percent to a few percent. DC704 diffusion pump oil occurred 20
times during the evaluation period. Specifically there were 11 times for chamber 237, 5 times for chamber
243, and 4 times for chamber 238. Even though DC704 was no longer used at GSFC, traceable quantities
of the compound still appeared in the cold finger analysis. The presence of DC704 was a strong indication
that the hardware was contaminated during previous thermal vacuum tests conducted at vendor facilities
because GSFC’s Chambers 237, 238, and 243 used Santovac diffusion pump oil. This indicated that
thermal vacuum chambers equipped with diffusion pumps and DC704 were still common in the aerospace
industry. Tetracthylene glycol di-2-ethylhexanoate was a unique chemical species which was detected only
in Chamber 290,

Major cold finger chemical species

In each chemical analysis, as high as 15 chemical species were identified and listed according to
their relative quantities within the test sample. In general the top 3 chemical species represented the most
significant outgassing components during the thermal vacuum tests. A summary of 11 common chemical
species were found to be among the top 3 of all identified chemical compounds (refer to Table 6). As
shown in Table 6, saturated & unsaturated hydrocarbons (164 times) and DEHP (140 times), butoxy
compound (34 times), and methyl silicones (22 times) were major chemical species. Even though the
butoxy compound and methyl silicones were less frequent in the overall samples surveyed, i.e. Table 5, they
were identified as significant chemical species as shown in Table 6. Therefore, the summary list in Table 6
identified the significance and relative quantity of the common chemical species.

COMPARISON WITH EARLY CHEMICAL ANALYSIS DATA

Extensive chemical analyses were performed at GSFC from 1970 to 1978 and a total of 1163 data
points were reported by Colony™@in 1979. In the report, individual materials were incorporated into their
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Table 6 Occurrence Freciuency of Major Cold Finger Chemical Species

Chemical Species Top 3
1. Saturated & unsaturated hydrocarbons 164
2. Di~(2-ethylhexyl) phthalate 140
3. Butoxy compound (detergent derivatives) 34
4. Methyl silicones 22
5. Palmitic acid 21
6. Phthalate ester 16
7. Methyl phenyl silicones 14
8. Di-(2-ethylhexyl) adipate 13
9. Bis-phenol-A (epoxy) 10

10. Triphenyl phosphate (TPP) 9

11. Di-(2-ethylhexyl) azelate 9

generic classes along with the frequency and percentage. Esters were the leading generic class of
compounds found in the early survey, followed by hydrocarbons and methyl silicones. As shown in Table
7, the chemical classes of the 70s consisted of 36% esters, 23% aliphatic hydrocarbons, 16 % methyl
silicones, 5.7% aromatic silicones, 4.7% antioxidants, 2.8% aromatic hydrocarbons, 2.2% polyurethane
derivatives, 1.1% organic acids, and 9% other materials. Within the classes, DEHP was the most often
found individual species in large outgassing samples. The compound TPP appeared in 1972-1973 and then
not again until 1977. The use of di-(2-ethylhexyl) azelate increased radically in 1976 and 1977 and
disappeared after 1977.

Table 7 GSFC Chemical Analysis Data Comparison

Chemical Classes Percentage (%)
1970-1978 1995-1997
All Occurrences Top 3

1. All esters 36 47.2 41.4
2. Aliphatic hydrocarbons - 23 12.4 32.7
3. Methyl silicones 16 45 438
4. Aromatic silicones 57 1.9 ' 2.8
5. Antioxidants 4.7 0.1 0.0
6. Aromatic hydrocarbons 28 0.0 .00
7. Polyurethane derivatives 22 2.5 0.8
8. Organic acids 1.1 -14.1 52
9. Other materials 9 17.3 12.3

. Based upon all occurrences, the chemical classes of 1995-1997 consisted of 47.2% esters, 12.4%
aliphatic hydrocarbons, 4.5 % methyl silicones, 1.9% aromatic silicones, 0.1% antioxidants, 2.5%
polyurethane derivatives, 14.1% organic acids, and 17.3% other materials. However, based upon the top 3
species, the chemical classes of the 90s changed to 41.4% esters, 32.7% aliphatic hydrocarbons, 4.8 %
methyl silicones, 2.8% aromatic silicones, 0.8 polyurethane derivatives, 5.2% organic acids, and 12.3%
other materials. Esters and hydrocarbons remained as the leading generic classes. However, the usage of
methyl silicones was reduced. Antioxidants and aromatic hydrocarbons did not appear on the top 3 list
indicating the reduction of the usage in spacecraft materials. DEHP continued to be the most often found
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individual species in outgassing samples. Both TPP and di-(2-ethylhexyl) azelate appeared frequently and
showed 9 times each on the top 3 list.

In summary, the esters, aliphatic hydrocarbons, and methyl silicones accounted for 75% of the
outgassing problems in the 70s. In comparison, these 3 species account for 64% (based upon all
occurrences) or 79% (based upon top 3) of the outgassing problems in the 90s. This comparison also
demonstrated that even though more polymeric materials were incorporated into spacecraft now than in the
70s, they were pre-treated to prevent high concentrations of outgassing species. This actually reduced the
levels of species that were seen in the cold finger samples (For example, the decrease in methyl silicone
levels).

CONTAMINATION DATA CORRELATION

At the end of the thermal vacuum tests, the QCM readings were used to provide test termination
criteria. These readings illustrated the dynamic outgassing behavior of the test articles and thermal vacuum
chamber conditions. However, the QCM was not capable of determining the outgassing species unless an
extensive Thermogravimetric Analysis (TGA) procedure was performed. This may not always be possible
with long chain hydrocarbons or high AMU species. Therefore, the TGA was applied only for very
specific test conditions during the thermal vacuum tests. On the contrary, the NVR values from the cold
finger tests was not transient. The NVR values provided a collected information of the quantity and
chemical constituents of the cold finger sample. Utilizing the combined QCM and NVR information helped
provide a better understanding of the thermal vacuum tests. In addition, the correlation of the QCM
readings from thermal vacuum tests and NVR values from the cold finger tests helped provide a trend of all
thermal vacuum tests.

As shown in Figure 1, the NVR values are plotted against the QCM values. Data with QCM
values higher than 350 Hz/hr or NVR values larger than 3.0 mg were not selected. These data points were
excluded due to incompleteness, inconsistency, chamber failure, or abnormal high outgassing condition.
All QCM readings were reasonably separated into two major groups according to their thermal vacuum
shroud temperatures. Large variations of some data points were probably caused by the QCM locations
and chamber temperature changes. Generally, the QCM values of the cold shroud tests (-20 °C or below)
were less than 50 Hz/hr and the NVR values were below 1.0 mg. For the warm shroud tests (above room
temperature), the main range of the NVR values was between 0.1 and 2.0 mg. And the majority of the
QCM values were below 300 Hz/hr. For data point with the same QCM value, the cold shroud tests
generated a higher NVR value than that of the warm shroud.

At GSFC, the QCM requirement of the post-test chamber certification was 300 Hz/hr. As shown
in Figure 1, only a few of the certifications have the QCM values higher than 300 Hz/hr, i.e. non-certified.
However, for those non-certified chambers, the 300 Hz/hr was achieved prior to the next thermal vacuum
test cycle. The range of the NVR for all certified chambers was between 0.3 to 2.5 mg. It was safe to
assume that the chamber was certified if the NVR was below 1.0 mg limit.

CONCLUSIONS

To understand material outgassing under thermal vacuum conditions, it was advantageous to
continuously monitoring the chamber conditions by the QCM and cold finger. The QCM and cold finger
provided complementary information for both qualitative and quantitative contamination assessments.
Chemical analysis also provided interesting information such as either the unique evidence of contamination
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Figure 1 Thermal vacuum QCM values and chemical analysis NVR results
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transfer (DC704 diffusion pump oil) or unique signature of a chamber (Tetraethylene glycol di-2-
ethylhexanoate).

The conditions of the chamber shroud were very important for a successful thermal vacuum test.
Test conditions were influenced by the shroud temperatures. For bakeout or chamber certification, the
shroud temperature was raised to a maximum temperature to expedite outgassing. On the contrary, the
cold shroud served as a cold sink that could provide a favorable clean environment for the test articles.
Therefore, it was important to understand the status of the chamber conditions and monitor by way of the
QCM and cold finger.

During the thermal vacuum test, the QCM and chamber shroud temperatures strongly affected the
QCM readings. The placement of the QCM:s in the thermal vacuum chamber was also an important factor
of QCM results. QCMs performed adequately for the majority of the thermal vacuum tests when
maintained at a stable temperature of —20 °C. The QCM value of 300 Hz/hr was a general criterion for the
bakeout and chamber certification at GSFC. Typical NVR values after the chamber bakeouts and )
certifications were around 1.0 mg. Therefore, from a statistical point of view, it was reasonable to assume
that the chamber was certified if the NVR was below 1.0 mg limit. A small NVR (<0.1 mg) always
indicated the low outgassing nature of the test articles. A high NVR (>2.0 mg) indicated problems
associated with the test articles and/or thermal vacuum test chambers.

The chemical analysis was not only effective in determining the outgassing potential, but also
useful in assessing the conditions of the facility. The variation of NVR collected from a particular chamber
provided the long-term conditions of the thermal vacuum chamber and its accessories. The continuous
appearance of high NVR values and/or specific chemical species indicated the need for chamber
recertification.

DEHP, hydrocarbons, and silicones were the most common chemical species in outgassing samples
in the 70s as well as in the 90s. The evidence of these phthalate esters and hydrocarbons indicated their
extensive use in many polymers and lubricants. The detergent derivative of butoxy compound appeared
often whenever the temperature of the chamber shroud was raised above 70°C. Due to its wide
apphcatlons silicones, continue to be detected in the cold finger samples. The comparison of current and
previous GSFC chemical analysis data showed the variations of material usage, material development,
process changes, test concepts, and test approaches.

The statistical approach allowed for a parametric correlation of QCM and NVR values obtained
from thermal vacuum tests. As.expected from the correlation, the reduction in outgassing has been
observed on the QCM and supported by NVR results. The correlation is not definitive, but it helps in
determining the degree of success of an established contamination control approach. A precise
determination is difficult to derive because of the dynamic changes in materials used in the manufacturing
processes that affect outgassing and NVR results.
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NUCLEAR MICROFILTERS .AS IR-LIGHT EMITTERS FOR SPACECRAFT
THERMAL CONTROL COATINGS

A.S. Smelyanskii*, B.A. Briskman*, Yu A. Smirnova**, E.R. Klinshpont*
*Karpov Institute of Physical Chemistry, Obninsk Branch
**Moscow State Lomonosov University, Biological Department

ABSTRACT

Disperse systems having a great number of the identical conical or cylindrical micropores
(their size 0,1-2 micrometer) can be fabricated by heavy ion irradiation of the thin polymeric
foils followed by chemical treatment. Commonly, they are used as unique microfilters for
various separation processes. However, these systems can find another sudden application for
different purposes.

Thin films (10 um) of PolyEthylene TerePhthalate (PET) were irradiated by Xe heavy ions
(1 MeV/nucleon) with the help of U-300 accelerator (Flerov Laboratory of Nuclear Reactions
JINR, Dubna) up to 3(108 cm-2). An increase of the IR-background intensity in IR-spectra
after treatment of the irradiated polymer films in aqueous 0,5 - 5N NaOH solutions at 313-
353 K was observed. IR-background covered the spectral region from 4000 to 2000 cm-1. The
spectral form of observed IR-background had a quadratic dependence relative to wave number
(correlation coefficient more than 0.9 in the majority of studied cases). Possibly, the maximum
of this IR-background may be located in the nearest IR region at (>4000 cm-1). It was
concluded that observed phenomenon originates due to formation of the numerous micropores
in the polymeric matrix having dimensions less than 0.2 um in the studied case. Therefore,
etched ion-irradiated PET films can act as IR-light emitters due to numerous reflection and
interference of the incident light waves on the sides of created open cylindrical micropores.

Achieved results show a new interesting feature of the nuclear microfilters as perspective
materials for future employment in the spacecraft thermal control coatings for reemitting an
excess heat in the IR-wave length region to increase heat transfer from the spacecraft surface.
Relatively high radiation resistance of PET will provide its long-term duty for space
applications.
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CHALLENGING PNEUMATIC REQUIREMENTS FOR ACOUSTIC TESTING
OF THE SECOND STAGE FOR THE NEW DELTA III ROCKET

Andrew Webb
Mantech/NSI

ABSTRACT

The paper describes the unique pneumatic test requirements for the acoustic and shock
separation testing of the Second Stage for the New Delta III Rocket at the Goddard Space
Flight Center in Greenbelt, Maryland. The testing was conducted in the 45,000 ft* (25-feet
wide by 30-feet deep by 50-foot high) Acuostic Facility.The acoustic testing required that the
liquid oxygen (LOX) and liquid hydrogen (LH,) tanks be filled with enough liquid nitrogen
(LN,) to simulate launch fuel masses during testing. The challenge for this test dealt with
designing, procuring, and fabricating the pneumatic supply systems for quick assembly while
maintaining the purity requirements and minimizing costs.

The pneumatic systems were designed to fill and drain both the LOX and LH, tanks as
well as to operate the fill/drain and vent valves for each of the tanks. The test criteria for the
pneumatic subsystems consisted of function, cleanliness, availability, and cost. The first criteria
function required the tanks to be filled and drained in an efficient manner while preventing
them from seeing pressures greater than 9 psig. An LN, tanker, borrowed from another
NASA facility, served as the pre-cool and drain tanker. Pre-cooling the tanks allowed for more
efficient and cost effective transfer from the LN, delivery tankers. Helium gas, supplied from a
high purity tube trailer, was used to pressurize the vapor space above the LN, pushing it into
the drain tanker. The tube trailer also supplied high pressure helium to the vehicle for valve
control and component purges. Cleanliness was maintained by proper component selection,
end-use particle filtration, and any on-site cleaning determined necessary by testing. In order to
meet the availability/cost juggling act, products designed for LOX delivery systems were
procured to ensure system compatibility while off-the-shelf valves and tubing designed for the
semiconductor industry were procured for the gas systems.
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POTENTIAL AND LIMITATIONS OF THE MODAL CHARACTERIZATION
OF A SPACECRAFT BUS STRUCTURE BY MEANS OF
ACTIVE STRUCTURE ELEMENTS

Anton M. Grillenbeck, Stephan A. Dillinger
Industrieanlagen-Betriebsgesellschaft mbH, Postfach 12 12,
D-085503 Ottobrunn, Germany

Kenny B. Elliott
NASA'’s Langley Reserach Center, Hampton, Virginia

ABSTRACT

Theoretical and experimental studies have been performed to investigate the potential and
limitations of the modal characterization of a typical spacecraft bus structure by means of active
structure elements. The aim of these studies has been test and advance tools for performing an
accurate on-orbit modal identification which may be characterized by the availability of a
generally very limited test instrumentation, autonomous excitation capabilities by active
structure elements and a zero-g environment. The NASA LaRC CSI Evolutionary Testbed
provided an excellent object for the experimental part of this study program.

The main subjects of investigation were:

+ the selection of optimum excitation and measurement to unambiguously identify modes of
interest.

» the applicability of different types of excitation means with focus on active structure
elements.

» the assessment of the modal identification potential of different types of excitation
functions and modal analysis tools.

Conventional as well as dedicated modal analysis tools were applied to determine modal
parameters and mode shapes. The results will be presented and discussed based on
orthogonality checks as well as on suitable indicators for the quality of the acquired modes
with respect to modal purity. In particular, the suitability for modal analysis of the acquired
frequency response functions as obtained by excitation with active structure elements will be
demonstrated with the help of reciprocity checks.

Finally, the results will be summarized in a procedure to perform an on-orbit modal
identification, including an indication of limitations to be observed.
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BOLT PRELOAD MEASUREMENT METHODS
EVALUATION AND IMPLEMENTATION

Harry K. Warden
Boeing Information, Space & Defense Systems Group
Huntsville, AL 35824-6402

ABSTRACT

The International Space Station modules are joined on-orbit via the Common Berthing
Mechanism (CBM). The interface mated on Earth is known as the CBM-to-Pressurized
Element (PE) interface (where the PE represents the Node, etc.). The CBM-to-PE joint is
bolted together using two hundred and twenty four 1/4 inch diameter fasteners spaced around
an aluminum flange approximately six feet in diameter. The fastener size and quantity was
originally sized to take an internal pressure of 15.2 psig. Detailed structural analysis of the
Node primary structure indicated that a bolt preload accuracy of + or - 10% was required in
order to show positive margins of safety on the bolts in the CBM to PE joint. Several preload
measurement methods were evaluated with tests performed. Test data is presented showing the
accuracy and difficulties with each measurement method as applied to the CBM to PE
application. Rationale for the preload measurement method implemented for this joint is also
presented. The following preload measurement methods were tested: torque measurement vs.
Preload, micrometer measurement of bolt stretch, strain gages, preload indicating washers, and
ultrasonic measurement of bolt stretch.

Additionally, a test was conducted to determine the effect of torquing a large number of

bolts in a pattern on final bolt preload for the Common Berthing Mechanism to Pressurized
Element joint. The test description and results of this test are also presented.
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MECHANICAL FLIGHT QUALIFICATION TESTING OF THE
ADVANCED COMPOSITION EXPLORER OBSERVATORY

Teresa M. Betenbaugh
The Johns Hopkins University Applied Physics Laboratory

ABSTRACT

The Advanced Composition Explorer (ACE) Observatory is a National
Aeronautics and Space Administration (NASA) Explorer mission with the primary
purpose of determining the composition of energetic solar and galactic particles. With a
cost cap of $141 million, measures were taken to reduce development costs of the
observatory. As a part of this effort, a protoflight test program was used to qualify the
ACE Observatory. This paper describes the overall mechanical flight qualification
program which included vibration, acoustic, shock, and mass properties testing. The
ACE project requirements, objectives of the test program, and verification of the project
requirements are discussed.

MISSION DESCRIPTION

The ACE Observatory was launched on a Delta IT 7920-8 launch vehicle on
August 25, 1997 from the Cape Canaveral Air Station in Florida. In December of 1997,
ACE arrived at its destination, the Earth-sun libration point (L1), where the gravitational
pull of the Earth and the Sun are balanced. Nearly a million miles from earth, ACE
provides a platform for measuring accelerated particles from the Sun and interstellar and
galactic sources. Study of the composition of these particles will help scientists to
understand the evolution of the universe. A secondary mission of ACE is to provide
advance warning of geomagnetic storms that can overload power grids, disrupt
communications on Earth, and present hazards to astronauts.

The ACE mission is managed by the Explorer Project Office of NASA/Goddard
Space Flight Center (GSFC) and the science payload is managed by the California
Institute of Technology (Caltech). The Johns Hopkins Applied Physics Laboratory
(APL) was responsible for the ACE spacecraft design and integration, observatory
environmental testing, and launch operation support.

OBSERVATORY MECHANICAL DESCRIPTION

The ACE Observatory is depicted in Figures 1 and 2. The spacecraft primary
structure is a 56 inch wide by 30 inch tall closed octagon structure, consisting of an
internal aluminum frame covered with aluminum honeycomb panel decks. The
Observatory Attach Fitting (OAF) is a 9 inch aluminum cylinder which attaches the
octagon to a 5624 Delta Payload Attach Fitting (PAF) with a clampband. The majority of
the instrument payload is mounted to the top (+z) deck. Two instruments, the spacecraft
terminal boards, and the power, attitude determination and control, and command and
data handling subsystems are mounted to the side decks. The lower (-z) deck houses the
majority of the radio frequency subsystem and the Spacecraft Loads and Acoustics
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Measurements payload. With the exception of the thrusters which are mounted on the +x
sides of the +z decks, the propulsion subsystem is attached to the -z deck and is enclosed
by the octagon structure. 430 Ibs. of hydrazine is contained in the four conospheric
titanium tanks that make up the propulsion subsystem. Four 34 inch by 59 inch
deployable aluminum honeycomb solar panels are hinged from the +x and +y sides of the
+z deck and are restrained to the -z deck during launch with pin-puller mechanisms. A
60 inch titanium boom attaches a magnetometer to the end of each of the +y solar panels.
The +z end of each boom is restrained to the +y solar panels for launch with a pin-puller
mechanism. Pyrotechnic devices actuate the pin-pullers, which release solar panels and
booms. Preloaded torsion springs deploy and center the solar panels and booms to their
appropriate positions.

TEST REQUIREMENTS
Flight Requirements

The Delta II flight events produce loads from steady state and dynamic
environments. The steady state environment produces a maximum thrust acceleration at the
end of the first stage burn, or “main engine cut off” (MECQO). The dynamic environments
produced by the Delta II are sinusoidal vibration, acoustics, and shock. The sources of the
sinusoidal environment are liftoff transients, pre-MECO oscillations, and engine ignition
and shutdown. A spacecraft random vibration environment is generated by launch vehicle
acoustics.

The spacecraft must be designed to produce fundamental frequencies above 12 Hz
in the lateral axes and 35 Hz in the thrust axis to prevent dynamic coupling of spacecraft
and launch vehicle low frequency structural modes. Verification of spacecraft strength and
stiffness was required by the ACE program office. Orbital Launch Services (OLS) and
McDonnell Douglas Aerospace (MDA, now Boeing) recommended structural loads testing
to maximum expected flight levels multiplied by a factor of 1.25 (protoflight level),
sinusoidal vibration and acoustics testing to maximum expected flight levels +3dB
(protoflight level), and shock (clampband separation) testing to maximum expected flight
levels.

Alignment and Attitude Control Requirements
The pointing accuracy of the ACE instrument payload required that ACE
Observatory be spin stabilized with a principal spin axis misalignment less than or equal to

0.2 degrees. A spin axis moment of inertia 1.05 times larger than the lateral moments of
inertia was needed to maintain stability of the spinning observatory.
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TEST OBJECTIVES

The objectives of the ACE Observatory mechanical flight testing program were to
demonstrate that the observatory was qualified for flight aboard a Boeing Delta IT 7920-8
launch vehicle and to verify that the observatory mass properties met the science alignment
and mission attitude control requirements.

In an effort to reduce cost and schedule, a protoflight testing program was used to
qualify the ACE Observatory. Tests were performed on instruments, components and some
subsystems prior to final integration to minimize the risk involved with a prototype
program.

VERIFICATION TESTING

Prior to observatory integration, structural loads and vibration testing were
performed individually on the ACE instruments, the spacecraft components, an
engineering model of a solar panel with magnetometer boom, and the spacecraft primary
structure with integrated propulsion subsystem. A bend test was conducted on a solar
array qualification panel, and an acoustic test was performed on one flight solar array.
Acoustic, shock, and mass properties testing were performed on the fully flight
configured observatory.

Instrument and Spacecraft Component Verification
Structural Loads and Sinusoidal Vibration Testing

The structural loads and sinusoidal vibration testing requirements were combined
into a three-axis sine sweep vibration test for the ACE instruments and spacecraft
components. A frequency response analysis was performed on a finite element model of
the ACE Observatory to generate instrument and component level sine sweep test
specifications. Sinusoidal test requirements from the Delta IT Payload Planners Guide'
and maximum expected flight levels from MDA were used as acceleration inputs to the
finite element model. The resulting test specifications were later revised following a sine
sweep vibration test of the spacecraft structure/integrated propulsion subsystem.
Vibration testing of ACE instruments and components took place from 1995 through -
1996.

Random Vibration Testing

The initial random vibration specifications for the ACE instruments and
spacecraft components were generated by Goddard Space Flight Center engineers by
scaling the acoustic responses of similar types of spacecraft structures to the expected
acoustic environment for Delta IT with an eight foot fairing. These specifications were
later revised based on responses from the spacecraft primary structure/propulsion
subsystem vibration test, and acoustic structural responses for similar APL spacecraft
(Delta 180, Midcourse Space Experiment, Near-Earth Asteroid Rendezvous). As an
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added measure of protection for the delicate ACE instruments, force limiting” was
incorporated under the direction of Terry Scharton of The Jet Propulsion Laboratory.
Vibration testing of ACE instruments and components took place from 1995 through
1996.

Solar Array and Magnetometer Boom Verification
Structural Loads and Sinusoidal Vibration Testing

A three-axis sine sweep vibration test to represent the sinusoidal environment and
structural loads requirements was developed to test an engineering model of a solar array
and magnetometer boom with their hinge mechanisms. The inputs were derived from a
frequency response analysis performed on a finite element model of the ACE
Observatory. The engineering model, pictured in Figure 3, consisted of an aluminum
honeycomb panel similar to the flight solar panels, with aluminum pieces epoxied to the
panel to represent the mass of the solar cells. A flight like magnetometer boom with a
magnetometer mass simulator was attached with a flight spare hinge assembly to the solar
panel engineering model. Two other flight spare hinge assemblies attached the panel to
flight spare mounting brackets, which were mounted to the vibration fixture. Flight spare
snubber and clevis pin assemblies attached the lower end of the panel to the vibration
fixture. Vibration testing of the solar array and magnetometer boom engineering model
took place in May 1996.

Random Vibration Testing

The random vibration specifications for the solar panel/magnetometer boom
engineering model were derived from the instrument/component specifications. Random
vibration testing of ACE instruments and components took place in May 1996.

Stiffness Verification and Solar Cell Adhesive Bond Test

A bend test of a solar array qualification panel was performed to verify the
substrate stiffness and to ensure adequate bond strength of the solar cell adhesive. The
panel was bent to a radius of curvature equivalent to what is expected in launch. The
bend test took place in October 1995. Following the bend test, the ACE/Delta II coupled
loads model was updated to reflect the actual solar array stiffness.

Acoustic Testing

"Prior to APL’s acceptance of the solar arrays from the vendor, one flight solar
array was tested to protoflight acoustic levels in April 1996.

Deployment Testing

Deployment testing of the solar array/magnetometer boom assembly was
performed in May 1996 for the engineering model assembly and in July 1997 for the
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flight assemblies. The assembly was rotated such that the axis of rotation aligned with
the gravitational axis. The assembly was then g-negated by supporting the end of the
panel/magnetometer boom with an overhead crane. The panels and booms were
sequentially released to allow full deployment to occur. Flight assembly testing is
pictured in Figure 4.

Spacecraft Structure/Propulsion Subsystem Verification
Structural Loads and Sinuseidal Vibration Testing

To minimize the risk to the delicate ACE instruments, the ACE primary flight
structure with integrated propulsion subsystem was load tested prior to instrument
integration. To expedite the testing, the structural loads and sinusoidal vibration testing
requirements were combined into a three axis sine sweep test for the spacecraft primary
structure with integrated propulsion subsystem. The sine sweep vibration specification
and limit load test factors recommended by OLS and MDA are shown in Tables 1 and 2
below.

Table 1
Protoflight Sinusoidal Sweep Vibration Test
for ACE Spacecraft Structure/Propulsion Subsystem and Observatory

Thrust Axis (Z) Lateral Axes (X,Y)
Frequency Acceleration Frequency Acceleration
Hz) (zero to peak) (Hz) (zero to peak)
5t06.2 0.51in. (d.a.) 5to 100 07¢g
6.2 to 100 10g

Rate = 4 octaves/min

Table 2
Worst Case Test Limit Load Factors
(Limit Load Factors X 1.25)
for ACE Spacecraft Structure/Propulsion Subsystem

Liftoff/Max Aero MECO
Lateral - +3.0g -
Axial +3.0g +10.1g

(+ indicates compression at the launch vehicle interface)
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Since the axial limit loads for both Liftoff/Max Aero and MECO are compressive
loads, the axial loads applied by the vibration table could be reduced by one g. The +3.0 g
lateral, +3.0 g axial Liftoff/Max Aero load case was represented by lateral vibration testing
using an equivalent lateral load of 4.0 g. Only 2.0 g needed to be applied to get the 3.0 g
thrust test level. Since lateral axis vibration will be used to represent LiftofffMax Aero, a
higher lateral load had to be applied to envelope a combined lateral and thrust
(compression) load case at the ACE/Delta separation plane. The maximum compressive
running load at the ACE/Delta separation plane can be calculated as follows:

Maximum = (Lateral Factor}(S/C Wt)}(S/C Thrust CG) + (Axial Factor)(S/C Wt)
Compressive n(PAF Radius)? 2n(PAF Radius)
Running Load

(Notes: The S/C Thrust CG is with reference to the ACE/Delta separation plane.
The PAF Radius is measured at the separation plane.)

The Lateral Load Factor necessary to produce an equivalent compressive running load is
calculated as follows:

Lateral Load Factor = (Max Compressive Running Load)(n)(PAF Radius )2

(S/C Wt)(S/C Thrust CG)
Lateral Factor = 30g
S/C Wt = 1731 1bs.
S/C Thrust CG = 25.5 inches
PAF Radius = 28 inches
Axial Factor = 20g

Using the previous values, a Lateral Load Factor of 4.0 g is calculated.

The 10.1 g MECO load case was represented by axial sine sweep vibration testing
of9.1¢g.

The test article depicted in Figure 5 consists of the ACE spacecraft flight primary,
structure, the integrated flight propulsion subsystem, mass simulators representing
instruments and spacecraft components, and a Delta II test Payload Attach Fitting (PAF) in
the thrust axis (Z) test configuration. The mass simulator weights were configured such
that the spacecraft weight totaled or exceeded the maximum allowable weight of 1731
lbs. The propulsion subsystem prior to integration is pictured in Figure 6. The propulsion
subsystem tanks were filled with Olin (now Primex) provided water and pressurized with
dry nitrogen to 150 psid.

Vibration testing of the ACE primary structure/propulsion subsystem was
performed from October 11 through 18, 1995. The primary structural modes of the ACE
structure/propulsion subsystem mounted on the Delta Il PAF are summarized in Table 3.
The fundamental lateral modes of the spacecraft were used to generate the lateral load factor
of 4.0 g. The spacecraft had two thrust modes, one of the +Z deck at 45 Hz and one of the
remaining primary structure at 105 Hz. Rather than trying to generate the limit load at two
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different frequencies, a large input at a low, non-resonant, frequency was used to achieve
the 9.1 g load factor at the spacecraft center of gravity. The full level sine sweep
specifications along with the equivalent loads generated in the structure/propulsion
subsystem are shown in Tables 4 through 9.

Table 3
Structural Modes of ACE Primary Structure/Propulsion Subsystem on Delta II 5624 PAF
Mode Description Frequency (Hz)
Spacecraft RY 40
Spacecraft RX 41
+Z Deck Thrust 45
Spacecraft Thrust 105
Table 4

ACE Primary Structure/Propulsion Subsystem
Full Level X Axis Sine Sweep Vibration Inputs

Frequency (Hz) Acceleration (zero to peak)
5-35 0.7¢g
38-47 0.6g
50-100 0.7¢g

Rate = 4 octaves/min

Table 5
ACE Primary Structure/Propulsion Subsystem
Equivalent Load Factors at 40 Hz for X Axis 0.6 g Input

Location Load Factor (g’s)
+Z Deck 5.8
Side Decks 4.2
-Z Deck 2.5
Propulsion Tanks 3.8
OAF 1.6
Spacecraft Center of Gravity 4.5
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Table 6

ACE Primary Structure/Propulsion Subsystem
Full Level Y Axis Sine Sweep Vibration Inputs

Frequency (Hz) Acceleration (zero to peak)
5-34 0.7¢g
37-46 0.55¢g
49-100 0.7g

Rate = 4 octaves/min

Table 7

ACE Primary Structure/Propulsion Subsystem
Equivalent Load Factors at 41 Hz for Y Axis 0.55 g Input

Location Load Factor (g’s)
+Z Deck 5.8
Side Decks 4.1
-Z Deck 2.3
Propulsion Tanks 4.3
OAF 1.4
Spacecraft Center of Gravity 4.6

Table 8

ACE Primary Structure/Propulsion Subsystem
Full Level Z Axis Sine Sweep Vibration Inputs

Frequency (Hz) Acceleration (zero to peak)
5-6.2 .5 “ Double Amplitude
6.2-16 1.0g
21 105 g
26-39 1.0g
42-48 Sg
51-58 1.0g
63-90 25g

Rate = 4 octaves/min
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Table 9
ACE Primary Structure/Propulsion Subsystem
Equivalent Load Factors at 21 Hz for Z Axis 10.5 g Input

Location Load Factor (g’s)
+Z Deck 9.3
Side Decks 9.1
-Z Deck 8.9
Propulsion Tanks 9.4
OAF 9.7
Spacecraft Center of Gravity 9.2

The sine sweep input specifications were notched to ACE/Delta I Coupled Loads levels to
protect the propulsion subsystem tanks. Sixty-one spacecraft response acceleration
channels were recorded. Following this vibration test, the ACE/Delta II coupled loads
model was refined to represent the measured structural dynamics.

Random Vibration Testing

Launch vehicle acoustics is the only significant source of random vibration for a
Delta Il payload. Since there are no significant high frequency random vibration inputs at
the spacecraft/launch vehicle interface, a random vibration environment is not specified
in the Delta IT Payload Planners Guide'. A spacecraft level random vibration test is not
necessary if protoflight acoustic testing is performed. However, the random vibration
specification shown in Table 10 was used to provide a workmanship test of the spacecraft
structure and propulsion subsystem. This specification was developed using a base drive
random specification published in the General Environmental Verification Specification

for STS & ELV Payloads. Subsystems, and Components’, together with acoustic
response data from Midcourse Space Experiment (MSX) and Delta 183 programs.

Table 10
ACE Primary Structure/Propulsion Subsystem
Workmanship Random Vibration Test Inputs

Frequency PSD Level

(Hz)

100 0.002 g*/Hz
100-300 +7.4 dB/oct
300-700 0.03 g*/Hz

700-2000 -3.2 dB/oct
2000 0.01 g/Hz

Overall Amplitude = 6.0 g rms
Duration=60 seconds
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Three axis random vibration was performed on the primary structure/propulsion
subsystem, with acceleration response limits set to protect the propulsion subsystem
tanks. Sixty-one spacecraft response acceleration channels were recorded.

Observatory Verification

The mechanical verification program for the observatory consisted of protoflight
sinusoidal vibration testing, a random vibration survey, protoflight acoustic testing,
clampband separation and solar array and magnetometer boom release shock testing, and
observatory spin balance and mass properties measurements.

Sinusoidal Vibration Testing

The sinusoidal vibration testing requirements for the ACE Observatory are the
same as for the spacecraft structure, and are shown in Table 1. Since the spacecraft
primary structure, propulsion subsystem, instruments and spacecraft components had
been previously load tested, observatory structural loads testing was not required.

The X axis vibration test configuration of the fully flight configured observatory is
shown in Figure 7. The propulsion subsystem tanks were filled with 431 1bs. of Olin (now
Primex) provided water and pressurized with dry nitrogen to 150 psid.

Vibration testing of the ACE Observatory occurred from January 29 through
February 7, 1997. The sinusoidal vibration inputs to the base of the PAF are displayed in
Tables 11 through 13. Notches to the input specification and limits to some response
channels were incorporated to protect the instruments, propulsion subsystem, and solar
arrays. The notch and response limit levels were above the minimum levels permitted by
the ACE/Delta coupled loads analysis. The primary structural modes of the ACE
Observatory mounted on the Delta II PAF are summarized in Table 14.

Table 11
ACE Observatory
Full Level X Axis Sine Sweep Vibration Inputs
Frequency (Hz) Acceleration (zero to peak)
5-35 0.7g
38-47 06g
50-100 0.7g

Rate = 4 octaves/min




Table 12
ACE Observatory

Full Level Y Axis Sine Sweep Vibration Inputs

Frequency (Hz) Acceleration (zero to peak)
5-32 0.7¢g
36-46 0.6g
49-56 0.7g
60-66 045¢g
70-80 02¢g
85-100 0.1g

Rate = 4 octaves/min

Table 13
ACE Observatory

Full Level Z Axis Sine Sweep Vibration Inputs

Frequency (Hz) Acceleration (zero to peak)
5-6.2 .5 “Double Amplitude
6.2-58 ’ 1.0g
58-100 02¢g

Rate = 4 octaves/min

Table 14
Primary Structural Modes of ACE Observatory on Delta I 5624 PAF
Mode Description Frequency (Hz)
+Y Solar Array Flexure 15
+X Solar Array Flexure 22
Spacecraft RX 42
Spacecraft RY 43
+Z Deck Thrust 45
Spacecraft Thrust 100

Sixty-one spacecraft response acceleration channels were recorded. The primary modes
of the observatory were very close to those observed in the ACE primary
structure/propulsion subsystem vibration test.

Random Survey Vibration

The October 1995 primary structure/propulsion subsystem random vibration test
generated significant response accelerations throughout the spacecraft structure and
propulsion subsystem. Spacecraft panel responses for the workmanship random vibration
began to approach what was expected from the protoflight acoustic test. The goal of the
observatory random vibration test was to submit the observatory to a workmanship random
vibration only, since protoflight vibration would be covered in the observatory acoustics
test. The random vibration survey levels shown in Table 15 were considered to be adequate
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in generating a sufficient workmanship structural response in the observatory. Sixty-one
spacecraft response acceleration channels were recorded.

Table 15
ACE Observatory
X.,Y and Z Axis Random Survey Vibration Test
Frequency PSD Level
(Hz)
100-2000 0.0001 g*/Hz

Overail Amplitude = 0.4 g rms
Duration=60 seconds
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Acoustic Testing

The ACE Observatory in its acoustic test configuration is shown in Figure 8. The
acoustic test requirements for a Delta II payload in an eight foot fairing are shown in
Table 16 '. These protoflight levels represent maximum expected flight levels +3 dB.

The observatory acoustic test was performed on March 11, 1997 in the Goddard Space
Flight Center Acoustic Chamber. Sixty-one spacecraft acceleration responses were
recorded. Generally, the random vibration response of the spacecraft decks was lower
than the random vibration levels specified for the instruments and spacecraft components.
The ACE Observatory seemed to provide more damping than previous APL spacecraft.
The water filled propulsion tanks may have contributed to this higher damping.

Table 16
ACE Observatory Proteflight Acoustic Test Levels
One-Third Octave Center Frequency (Hz) Protoflight Levels
(dB)
31.5 123.5
40.0 125.0
50.0 126.5
63.0 128.0
80.0 130.0
100.0 131.0
125.0 132.5
160.0 133.5
200.0 134.5
250.0 135.5
315.0 137.5
400.0 139.0
500.0 141.0
630.0 138.0
800.0 135.0
1000.0 133.0
1250.0 131.5
1600.0 130.5
2000.0 129.5
2500.0 128.5
3150.0 127.0
4000.0 125.5
5000.0 124.5
6300.0 123.5
8000.0 122.5
10000 ' 121.5

OASPL =147.6 dB
Duration = 1 min
SPL Reference: 2.0 x 10° N/m®
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Shock Testing

The primary sources of shock to the ACE Observatory are the PAF clampband
separation shock and the solar array and magnetometer boom release shock. The
maximum expected clampband shock at the Delta 5624 PAF interface is shown in Table
17.

Table 17
5624 Payload Attach Fitting
Spacecraft Interface Shock Environment
Maximum Flight Levels
Frequency Peak Acceleration Response
100 50g
900-3000 3000 g
Q=10
(Clamp Preload = 3900 Ibs)

The observatory shock test was performed on March 17 and 18, 1997 in the Goddard
Space Flight Center Acoustic Chamber. Separation shock was performed by MDA
initiation of the clampband bolt cutter. The observatory was suspended by a crane,
allowing the PAF to drop onto foam. The PAF separation initiated the spacecraft
separation switch, which activated the solar array pin-puller release. The +X arrays were
released first, followed by the +Y arrays. After this sequence, the magnetometer pin-
pullers were actuated by spacecraft command. The ACE Observatory in its post-shock
configuration is shown in Figure 9. Shock responses with Q=10 were plotted for 32
locations on the observatory. Peak responses are summarized in Tables 18 through 21.

68



Table 18
ACE Observatory Shock Test
Delta 5624 PAF Clampband Separation Shock Peak Responses

Location Peak Acceleration Response
+Z Deck 90 g max above 3000 Hz
Side Decks 300 g max above 2000 Hz
zZ Deck, edge 500 g max above 3000 Hz
-Z Deck, center 200 g max above 2000 Hz
-Z Deck, propulsion tank bracket 600 g above 1000 Hz
Magnetometer 100 g max above 1000 Hz

Q=10
(Clamp Preload = 3900 Ibs)

Table 19
ACE Observatory Shock Test

+X Solar Array Pin Puller Shock Peak Responses

Location Peak Acceleration Response
-X Deck, center 300 g max above 2000 Hz
-X Deck, near pin puller 600 g max above 2000 Hz
-Z Deck, center 300 g max above 2000 Hz
-Z Deck, propulsion tank bracket 300 g max above 1000 Hz
+X Solar Array corner 400 g above 150 Hz
+X Solar Array, near clevis 500 g max above 1000 Hz




Table 20
ACE Observatory Shock Test
1Y Solar Array Pin Puller Shock Peak Responses
Location Peak Acceleration Response
+Z Deck, edge 120 g max above 2000 Hz
-Y Deck, center 200 g max above 2000 Hz
-Z Deck, center 200 g max above 2000 Hz
-Z Deck, propulsion tank bracket 1000 g max above 1000 Hz
(closer to Y side)
+Y Solar Array corer 450 g above 150 Hz
+Y Solar Array, near snubber 300 g max above 2000 Hz
Magnetometer 200 g max above 2000 Hz
Q=10
Table 21

ACE Observatory Shock Test
Magnetometer Boom Pin Puller Shock Peak Responses

Location Peak Acceleration Response

+Y Solar Array comer 2000 g max above 1000 Hz
+Y Solar Array, near snubber 600 g max above 2000 Hz
+Y Magnetometer 500 g max above 3000 Hz

Q=10

Spin Balance and Mass Properties Measurements (GSFC)

The ACE Observatory spin balance and mass property measurements were
performed in the Goddard Space Flight Center Acoustic Chamber from March 27 through
April 4, 1997.

The flight configured observatory, minus solar arrays and magnetometer booms,
is shown mounted on the GSFC Mass Properties Measurement Facility (MPMF) in
Figure 10. The propulsion tanks were filled to a flight weight of 431 Ibs. with water plus
nitrogen pressurant. Due to instrument weight increases late in the program, the
observatory was unbalanced prior to the addition of balance weights. The GSFC spin
table could not accommodate a large payload center of gravity offset, so calculated
balance weights were attached to the observatory prior to the first GSFC spin. The
observatory was balanced in six spins with residual products of inertia (Pxz, Pyz) of 200
Ib-in? (the accuracy of the GSFC spin facility). A principal axis misalignment of 0.07
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degrees from the ACE spin axis was calculated for the launch configuration. The
maximum orbit configuration (deployed solar arrays and booms) principal axis
misalignment permitted by the flight operations team is 0.2 degrees. This 0.2 degrees
includes not only spin axis measurement inaccuracies, but deployment misalignments and
calculation errors for the orbit configuration balance. Spin balance operations resulted in
the addition of 16.79 Ibs. of balance weights on the +Z deck and 15.99 Ibs. of balance
weight on the -Z deck. The final balance weights were very close in magnitude and
location to what was predicted from calculations.

Following the observatory spin balance, observatory mass property measurements
were made. CGX, CGY, IZZ, PXZ, and PYZ were measured for the “wet” spin axis
configuration. The propulsion tanks were then emptied and CGX, CGY, IZZ, PXZ, and
PYZ were measured for the “dry” spin axis configuration. A product of inertia increase
of 200 Ib-in® and a lateral center of gravity shift of almost 0.01 inch was measured for the
“dry” configuration. The difference between the “wet” and “dry” measurements indicated
that the observatory would be slightly unbalanced when the propulsion tanks were empty.
CGZ,IXX, and IYY of the “dry” observatory minus solar arrays and booms were then
measured on the MPMF as shown in Figure 11. The observatory was attached to a
“yoke” fixture, enabling the alignment of the X and Y axes with the table spin axis.

Centers of gravity measurements were made for the solar arrays in October 1996,
and for the magnetometer booms in January 1997. The solar arrays and booms were
supported on two ends, one end being placed on a scale (Figures 12). After weighing each
solar array and boom, the center of gravity could be calculated using statics. Using the
mass property measurements of the solar arrays, magnetometer booms, and observatory,
the ACE Observatory mass properties were calculated for launch and orbital
configurations. These mass properties are presented in Table 22.
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Spin Balance (KSC)

After the GSFC spin balance, 9 out of 10 instruments were removed from the
observatory and reconfigured. A second spin balance at the Boeing spin facility at the
Kennedy Space Center (KSC) was recommended since the balanced configuration had
been changed. The final spin balance took place from August 4 through 6, 1997 (three
weeks prior to launch). The fully flight configured observatory, fueled with 434 Ibs. of
hydrazine and nitrogen pressurant, is shown in Figure 13. The launch configuration of
the observatory was balanced in one spin operation with the addition of 0.32 Ibs. on the
+Z deck and 0.37 Ibs. on the -Z deck. The products of inertia were 1 Ib-in® for Pxz and 4
Ib-in’ for Pyz, resulting in a calculated principal axis misalignment of 0.001 degrees.
Since the solar arrays and booms are not identical in weight or center of gravity, 0.76 Ibs.
of balance weights were added to the +Z deck and 0.37 Ibs. of balance weights were
added to the -Z deck to balance the orbit configuration. After the spin balance was
complete and the official observatory weight measurement was made by Boeing, the
observatory mass properties were updated. The final mass properties, shown in Table 23,
result in a principal axis misalignment of less than 0.02 degrees for the orbital beginning
of life configuration.
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SUMMARY

Mechanical flight qualification testing of the ACE Observatory was completed
from October 1995 through August 1997. ACE was launched on a Delta IT 7920-8
vehicle on August 25, 1997, and is currently on station at the Earth-Sun libration point
L1. The launch accelerations and sound pressure levels measured by the Goddard
Spaceflight Center Spacecraft Loads and Acoustics Measurements payload were below
the maximum expected levels predicted by the launch vehicle contractor, MDA.
According to the mission operations crew, ACE successfully survived the launch
vibration, acoustic, and shock environments and has a stable 5 rpfm spin with a 0.1 degree
principal axis misalignment.
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Figure 3. ACE Solar Array/Magnetometer Boom Engineering Model Deployment Test.
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Figure 5. ACE Spacecraft Primary Structure/Propulsion Subsystem Vibration
Test.
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Figure 6. ACE Propulsion Subsystem in Shipping Container.
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STRUCTURAL WELD LEAK TESTING
IN SUPPORT OF THE INTERNATIONAL SPACE STATION
NODE 1, AIRLOCK AND LABORATORY FLIGHT ELEMENTS

Steve Underwood, Angela Holt
Boeing Defense and Space Group
International Space Station Program
Huntsville, Alabama

ABSTRACT

Developmental testing on the detector probe method of helium leak detection was performed in
support of the International Space Station program (ISS) at Marshall Space Flight Center (MSFC), in
Huntsville AL. The test evaluated detector probe sniffing techniques, head designs, optimum sizes
and linear head speeds used to detect a known leak approximately 1E-4 accs helium. The test resulted
in detector probe head design and fabrication for leak testing pressurized vessel external surfaces, and
also in the development of the detector probe head design and test procedure used to test all structural
welds on Node 1, Airlock, and Laboratory flight elements.

In support of the ISS structural weld leak test, a helium mixing test was performed to evaluate the
helium mixing method required to obtain a uniform helium concentration during testing of these
modules, as a known helium concentration is necessary to accurately determine leak rates. Testing was
performed in a 2500 cubic foot pressure vessel located at MSFC. Mixing fans were positioned internal
to the pressure vessel, and oxygen sensors were mounted in the vessel top, middle and bottom areas in
order to evaluate helium concentrations. The vessel was pressurized to 14.7 psig with 100% helium,
vented to atmospheric pressure, pressurized back to 14.7 psig helium then vented back to atmospheric
pressure. The test demonstrated that a uniform helium concentration can be obtained without mixing
fans, and resulted in the elimination of oxygen monitors and mixing fans in the flight articles during
weld and seal leak tests.

The leak tests of the structural welds on the ISS Node 1, Airlock, and Laboratory flight elements were
successfully completed in 1996 and 1997.

INTRODUCTION

The ISS modules are comprised of machined and formed aluminum panels welded together. Leak
testing of the module welds and structural skin was proposed, and the helium detector probe testing
was one of the possible test methods. Developmental tests were performed in April of 1995 to evaluate
the suitability of detector probe testing on the module welds and skin, and to evaluate the design of the
test aids used to increase the sensitivity of the sniffer test.
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MODULE WELD DEVELOPMENTAL TESTING

The developmental test setup simulated a leak in a module weld. The ISS modules have two different
sizes of welds: 3%” wide and %2” wide. The development test utilized two sample weld plates - one
with each weld size - approximately two feet long by 9 inches wide. A 4” hole was drilled through
each weld, and a %" ID x 2” long tube was welded to the plate back side centered over the hole. This
tube stub was connected to the helium standard leak. Figure 1 shows a weld test plate.

Plate ——\

5 .
Weld +——>
Tube stub
Hole in weld -—-)lo i1 — To Standard
Helium Leak

Plate Top View Plate Side View

Figure 1: Weld Test Plate
A sniffer head was built to fit over the sniffer probe tip and approximate the shape of the weld to be

tested. The head was built with several concentric pieces of tygon tubing pushed together, then hand-
carved to fit the weld shape. Figure 2 shows the weld sniffer head design.
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Figure 2: ¥2” Weld Sniffer Head
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The mass spectrometer leak detector (MSLD) used for the test was a direct flow turbo-pumped portable
leak detector. The sniffer probe was a throttle valve type connected to the MSLD with %2” LD. rubber
hoses of either 6’ or 20’ length.

The test conduct consisted of passing the sniffer probe over a 9.7E-5 accs helium leak (connected to the
weld plate) at varying speeds and recording the MSLD background and then the maximum MSLD
output. First the probe was held over the leak, then it was moved at speeds of 1-5 feet/minute. The
probe heads contacted the weld as they were moved across, which held the distance from the probe tip
to the weld to 1/8” by the sniffer head design.

A bare probe (without the sniffer head) was also tested at speeds of 0, 2, and 5 feet/minute. The probe
was held 1/8” from the surface of the weld. Test results are summarized in Figure 3.
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A 1/2" Weld, Bare Probe

Figure 3: Weld Sniffer Developmental Test Results

Test data points are the MSLD output minus the background and are the average value of three passes
of the sniffer probe. As expected, the MSLD output with the probe head was higher than with the bare
probe. There was no MSLD response from the bare probe at a speed of 5 feet/minute. The response
time was about 3 seconds in all cases. The test demonstrated that the test sensitivity and the probe
head design were adequate to meet the ISS weld leak rate requirement.
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MODULE SKIN DEVELOPMENTAL TESTING

For the developmental testing of the module skin leak test, the test setup was similar to the weld leak
test, but the test plate was a flat plate with a %4” hole in it welded to a %2” tube stub. The plate was
connected to a helium standard leak. 2” and 4” diameter sniffer probe heads were machined out of
solid teflon stock. The probe head design is shown in Figure 4. The probe head was connected to the
tip of the sniffer probe with a small piece of tygon tubing.

1/ 9

273 & 4”
diameter

Cross Section Top View

Figure 4: Module Skin Sniffer Probe Head Design

The test consisted of moving each sniffer probe head over the leak at varying speeds. Also varied was
the position of the probe head over the leak. Tests were run passing the center of the probe head over
the 9.7E-5 accs helium leak, and also passing the inside edge of the probe head over the leak. The 20’
hose was used to connect the sniffer probe to the MSLD. Test results are summarized in Figure 5.

Test data points are the average value of two passes of the sniffer probe. The test data showed that the
leak was detected even at the fastest speed of 20 feet/min. The response time for both the 2 and 4”
probe head centered over the leak was 2 seconds. For the 2” probe head edge over the leak, the
response time was 3 seconds, and it was 6 seconds for the 4” probe head edge.
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Figure 5: Module Skin Developmental Test Results
HELIUM MIXING TEST

In order to determine how to ensure an even helium concentration during module weld/skin leak tests,
a helium mixing test was performed in a module similar in shape and volume to the ISS Resource
Node structure. The test was performed in February of 1996 in the Module Leak Rate Test Pressure
Vessel, a 22 foot long, 14 foot diameter, and 2500 cubic foot volume module.

Two mixing fans were installed internal to the pressure vessel for mixing helium after it was
introduced. The fans were mounted at the extreme top and bottom on opposite ends of the vessel.
Oxygen sensors were positioned at different levels within the vessel to evaluate the mixing method.
Helium concentrations were determined by measuring the oxygen concentration as it was displaced.
(The test setup is shown in Figure 6.)
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Figure 6: Helium Mixing Test Setup

Before helium was introduced into the pressure vessel, the oxygen sensors all read 20.9 % volume.
The theoretical oxygen concentration was 20.99 % volume. With the mixing fans off, the vessel was
pressurized to 14.7 psig with 100% helium. The sensors measured accurately only at their calibration
pressure (ambient pressure), so the module was vented to O psig before measuring the oxygen
concentrations. The theoretical oxygen concentration was 10.8 % volume, and the oxygen sensor
readings were as follows:

02-1 10.5 % Volume
02-2 10.0 % Volume
02-3 10.0 % Volume
02-4 10.5 % Volume
02-5 10.5 % Volume
02-6 10.6 % Volume

The mixing fans were powered on for 10 minutes, and the sensor readings remained unchanged. With
the mixing fans off, the module was again pressurized to 14.7 psig with helium, and then vented to 0
psig. Oxygen monitor readings were as follows:

02-1 5.25 % Volume
02-2 5.0 % Volume
02-3 5.0 % Volume
02-4 5.0 % Volume
02-5 5.25 % Volume
02-6 5.0 % Volume

The theoretical oxygen concentration is 5.25 % Volume. The module was left at this concentration
without the mixing fans for 15 hours, and the oxygen concentration remained unchanged. The decision
was made to eliminate the mixing fans for the flight module leak tests, but to use the oxygen monitors
to verify the helium concentration during testing.
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FLIGHT ARTICLE MODULE WELD/SKIN LEAK TESTING

Following the development testing, the decision was made to forego the leak testing of the module
skin, as the possibility of leaks through the skin’s parent material was determined to be minimal. A
total module-level leak test was later added to the program which would detect leakage through the
module skin.

The module weld leak tests were performed on the Resource Node 1, US Laboratory Module, and
Airlock Module in 1996 and 1997. The sniffer probe heads evaluated in the developmental test were
used. For the flight article tests, the welds were marked and identified (with tape) in 1 foot increments,
and the modules were pressurized to 12-14.7 psig for a 87% helium concentration.

Portable counter-flow Leybold UL200 MSLDs were used in conjunction with Quicktest 100 diaphragm
pumps which enabled the use of 75 foot sniffer hoses. The response time, even with the long hoses,
was 1-2 seconds. The weld test plates were used, fitted with certified helium standard sniffer leaks that
provided leak rates slightly less than 1E-4 sccs helium. The sniffer probes were “calibrated” by
passing the probe head over the leak and recording the background, maximum MSLD reading, and
response time. Calibration of the sniffer probe was performed prior to start of sniffing, a minimum of

every hour thereafter, whenever sniffer probe operators were changed, and before shutting down the -
test.

The linear probe head speed used for the module weld tests was 1 foot/minute. This speed was slower
than the developmental test indicated was required, but was chosen because of the high dependence of
the manual operation of the sniffer probe. The speed was measured with a stop watch for the
calibration and for every foot of weld tested, to ensure that operators maintained the required sniffer
probe sensitivity throughout the tests.

Prior to the start of the weld sniffing, a “gross test” was performed to sniff module hatches,
penetrations, and pressurization line joints to ensure that leaks from the test setup did not interfere with
weld testing. Because all such leaks were not easily reparable, some were bagged with plastic to lower
the helium background in the area. It was still necessary in some areas of the modules to use air while
sniffing to purge helium away from the welds being tested.

SUMMARY AND CONCLUSION

The tests performed demonstrated the advantage of sniffer probe heads over a bare probe. The probe
heads increased test sensitivity and reduced test time. The sniffer probe calibration test plates
developed ensured a continued uniformity of sniffing technique throughout testing. Adequate helium
mixing was obtained in the modules without the use of fans. The developmental tests resulted in the
acceptance of over a thousand feet of International Space Station structural welds.
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NOVEL TESTING/DESIGN ISSUES IN THE AREA OF O-RINGS, SEAL
SURFACES, FINISHES, AND COATINGS

Harry K. Warden, Gregory A. Mays, and Steve D. Underwood
Boeing Information, Space & Defense Systems Group
Huntsville, AL 35824-6402

ABSTRACT

The International Space Station modules are joined on-orbit via the Common Berthing
Mechanism (CBM). The interface mated on Earth is known as the CBM-to-Pressurized
Element (PE) interface (where the PE represents the Node, etc.). The CBM-to-PE joint
consists of two O-Rings (inner and outer diameter) lubricated with vacuum grease and
compressed using 228 1/4” fasteners. The inner O-Ring (Cross Section .210”, Diameter
75.80”) is Fluorocarbon Rubber (Viton) per MIL-R-83485, the outer O-Ring (Cross Section
.262”, Diameter 77.20”) is Silicone Rubber per AMS 3337. This joint receives acceptance
testing that verifies the installation of the seals in the area of through leakage (indicates proper
installation e.g., the absence of contamination) and total leak rate (indicates through leakage
plus permeation of the seal material) using a Helinum Mass Spectrometer. These leak rates are
drawing requirements and are based on previous testing performed on bare aluminum
surfaces.

CBM and Node Sealing surfaces were originally 2219-T851 bare aluminum, but due to
high corrosive sensitivity of 2219 aluminum and review of leakage data of anodized surfaces,
it was determined to finish both interfaces. The Node surface was chemical conversion coated
due to the fact that the entire structure could not be anodized. The CBM ring was reworked to
anodize the assembly. During acceptance testing, through leakage was experienced on the inner
o-ring only. The purpose of this paper is to publish the findings resulting from the failure
investigation in the area of the two different seal materials, seal surfaces and protective finishes,
and processes relating to seal leakage rates.
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LEAK RATE TESTING OF THE INTERNATIONAL SPACE STATION HATCH
IN A THERMAL VACUUM ENVIRONMENT

Angela Holt, Steve Underwood
Boeing Defense and Space Group
International Space Station Program
Huntsville, Alabama

ABSTRACT

The International Space Station (ISS) Hatch successfully passed extensive leak rate qualification
testing in a thermal vacuum environment. Testing was performed at Marshall Space Flight Center in
the 10 foot diameter by 12 foot tall “Sunspot” vacuum chamber. As the Hatch was thermally cycled
through its analytically predicted temperature extremes, leak rate tests were performed on all of the
Hatch seals using helium mass spectrometer leak detectors. The test setup was designed to provide for
maximum test sensitivity and simultaneous leak testing of multiple seals in order to reduce test flow

times. The test was part of the Qualification program for the Hatch used on the ISS Nodes, Laboratory,
Habitation, and International flight elements.

INTRODUCTION

Due to the expected longevity of the program and the limitations on resupply gas, the ISS leak rate
requirements are stringent and testing on the ground is extensive. The leak rate requirement for the
entire ISS assembly is less than two pounds of air a day, and for each module is approximately one
tenth of a pound of air a day. Potential leakage paths to space include feedthrough penetrations
through which fluids and power pass to different areas on the station, Common Berthing Mechanisms
(CBMs) that mate the various modules together, and windows that allow crew observations of external
activities and space. This paper focuses on another leakage path, the hatches that provides crew access
to the ISS modules.

Throughout this paper, references will be made to certain sides of the Hatch asserbly. The external
side will sometimes be referred to as the Outboard or Extravehicular Activity (EVA) side while the
internal side will sometimes be referred to as the Inboard or Intravehicular Activity (IVA) side. The
EVA side is the side that will face away from the modules toward space if so exposed and the IVA side
will face toward the modules. '

INTERNATIONAL SPACE STATION HATCH

ISS modules include at least one common Hatch, and the Node modules have six hatches each. When
two modules are connected, the hatches between them will generally be open, however, for an unused
port the Hatch is exposed to the vacuum of space. The leakage requirements for Hatch seals range
from 3E-4 to 1E-2 sccs helium and are verified by testing on the ground. The aluminum Hatch seals to
the module via a Perimeter Seal, a two-beaded silicone rubber molded seal with a stainless steel
substrate. This seal is installed on the module bulkhead, and seals the outer perimeter of the Hatch
when the Hatch is latched. (See Figure 1 for an illustration of the Hatch. Figure 2 shows cross sections
of the Hatch seals.)
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Figure 2: Hatch Seals

Two Leak Check Ports on the module bulkhead provide access to the volume between the two
Perimeter Seal beads. These ports are located on opposite sides of the Hatch, and are used for leak
testing the Perimeter Seals. The ports are plugged with “Blind Glands” during flight/orbit, and are
replaced with test adapters for ground testing.

The Hatch has an eight-inch diameter double-paned window at its center. The window assemblies are

sealed using silicone O-rings and one-beaded silicone rubber molded seals. The window has two Leak
Check Ports located on the Window frame 180° apart. The Hatch has a Manual Pressure Equalization
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Valve (MPEV), used to equalize pressure across the Hatch prior to use. The MPEV has two silicone
O-rings in its flange. The Hatch Shaft runs through the Hatch plate and attaches to the handles that
allow the Hatch to be opened from the IVA or EVA side. The Shaft design incorporates viton O-rings
and teflon seals. (At the time of the test, the hatch shaft seal design had two O-rings and one teflon
seal; the current design has two O-rings and three teflon seals.)

THERMAL VACUUM TEST

Completion of the Thermal Vacuum test was a major milestone for the Qualification program of the
ISS Hatch. The purpose of this test was to verify that the Hatch assembly maintained structural
integrity and performance characteristics after exposure to the thermal vacuum environment. Hatch
assembly test temperatures were defined as -10 °F to 170 °F for complete Hatch operation, and -50 °F
to +170 °F for pressure containment. Leak tests were performed at ambient temperature and at the
different temperature extremes throughout three thermal cycles. (Figure 3 shows the thermal cycles
and leak tests.)

1701
70 \ /_\ /\ /—\
@
Leak Rate Tests:

@ Complete Hatch Assembly (All Seals)
@ Perimeter Seals Only
®  Shaft Seals Only

Temperature (deg F)

!

®

-50 @

Figure 3: Thermal Cycles and Leak Tests

All Hatch seals were tested during the thermal vacuum testing, except for the MPEV through-valve
seals and the Leak Check Port Blind Gland Seals. The Qualification MPEV was not available to
support the test, so a mass-simulated blank-off plate was used in its place. The MPEV has since
undergone component-level Thermal Vacuum Qualification testing as part of MPEV vendor’s
qualification program. The Blind Glands were also qualified in a separate test.
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DESCRIPTION OF LEAK TEST FIXTURES AND PLUMBING

The Qualification Hatch was latched to an adapter plate during the thermal vacuum testing. The
adapter plate simulated the module bulkhead and retained the perimeter seal. A pressure dome
provided the close-out to simulate a pressurized module. The test setup schematic is shown in Figure
4. The Hatch adapter plate provided the Leak Check Ports that allowed access to the volume between
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Figure 4: Hatch Thermal Vacuum Leak Test Setup
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the Perimeter Seals. These ports were connected to stainless steel flex hoses and plumbed through the
chamber feedthrough plate. The Leak Check Ports on the Hatch Window frame were similarly
plumbed through the Hatch Dome, then through to the chamber exterior.

In order to test the Shaft seals, an enclosure was designed to fit over the Shaft on the IVA side of the
Hatch. To install the enclosure for the test, the Hatch IVA handle had to be removed, but this did not
impact either the Hatch operation or the Shaft sealing capability. An enclosure over the MPEV
blankoff was designed to fit over the MPEV EVA side, because the EVA side has a flat surface with
bolt holes that could easily accommodate the enclosure. The enclosures for the Shaft and the MPEV
both sealed to the Hatch with silicone O-rings, and were both plumbed with stainless steel tubing and
flex hoses to the chamber exterior.

All chamber plumbing was stainless steel tubing or flex hoses, and metal gaskets were used in joints
wherever possible. Thorough helium leak tests were performed on all of the test plumbing as it was
built up and installed into the chamber.

LEAK TESTING VIA THE SUNSPOT VACUUM CHAMBER ENVIRONMENT

MSFC’s Sunspot Space Simulation Chamber is a 10 foot diameter by 12 foot tall top-loading vacuum
chamber capable of a 1E-6 to 1E-7 torr vacuum. The chamber is pumped by a refrigerator cryopump,
CVI’s Torrmaster Model TM 1200, and an auxiliary turbomolecular pump (Varian V1800) backed by a
roughing pump. The turbopump foreline was temporarily modified to allow the installation of a
portable leak detector which was used to back the turbopump, thus sampling the chamber environment.
The turbopump alone could not hold the chamber at a low vacuum, so the chamber cryopump was left

~ pumping on the chamber during the leak testing. This did not have noticeable impact on sensitivity,
because helium is not efficiently pumped by a cryopump.

Developmental testing was performed prior to the Qualification test to evaluate the test setup for
quantitative leak testing of the chamber volume. The leak detector used on the chamber was a Leybold
UL200, a counter-flow leak detector whose higher inlet pressure made it acceptable for the turbopump
foreline pressure of 1E-2 torr. A three-valve manifold was installed on the side of the chamber and
was used in conjunction with a roughing pump to evacuate the helium leaks used to determine the
chamber sensitivity. The manifold for the standard leaks was located as far as was practical from the
MSLD and turbopump. Helium leaks used for the test were Vacuum Technology Incorporated’s
(VTI’s) pressurized permeation and capillary leaks in sizes ranging from 1E-5to 1E-3 sccs helium.

Once the chamber was pumped down to a stable pressure, the leak detector was valved onto the
turbopump foreline. Then the valve to the backing pump was slowly closed, while the foreline
pressure was monitored to ensure that it did not rise above 100 millitorr, the maximum desired foreline
pressure. Once the leak detector was fully backing the turbopump, a system calibration was performed
in which the helium leak was evacuated by a roughing pump, then valved onto the chamber. This
procedure was referred to as the “chamber calibration”. Response and cleanup results from a typical
chamber calibration with a 1.4E-5 accs helium leak are shown in Figure 5. The data showed that leak
testing of the chamber volume in this configuration resulted in an excellent response time. Sensitivity
of the chamber was approximately 1E-10 accs/division, which meant that with a typical starting
background of 1000 divisions, a leak of size 1E-7 sccs helium or greater could be detected.
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TEST CONDUCT

The thermal vacuum test began on May 23, 1996 and ended on June 3, 1996. During the initial
pumpdown of the chamber and during subsequent temperature shifts, the pressure in the dome volume
was equalized with the chamber pressure. Prior to leak test start, the dome was pressurized to 14.7 psia
with high quality/purity air. Ambient pressure in the dome was required to expose the Hatch to the
space-like pressure deflections. Chamber pressure was maintained at 1E-5 torr or less during the tests,
with an average pressure of approximately SE-6 torr.

All of the seals were not tested during each leak test in the test flow, as additional tests of the Perimeter
Seals and Shaft Seals were required. An outline of the procedure for a complete test of all the Hatch
seals follows. The order or seal testing was chosen in an attempt to optimize chamber helium
background, which would rise as testing continued, and to shorten test time.

The tests of the first three seals, the Shaft, the Outboard Window, and the Outboard Perimeter seal,
require the MSLD to sample the chamber volume. The MSLD connected to the chamber turbopump
foreline was started, calibrated, and brought on line to the turbopump foreline. The SD700 backing
pump was valved off. After the initial pumpdown of the chamber, a leak test was performed on the
chamber itself: a helium tracer probe was used to spray helium on all chamber feedthroughs and
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leakage paths. A chamber calibration was performed to obtain the chamber sensitivity; then the leak
was closed and the background was allowed to return to its original value.

The enclosure over the IVA side of the Hatch Shaft was evacuated with a roughing pump. Then the
pump was valved off and replaced with a jumper from the helium/air pressurization panel. The MSLD
background reading was recorded, and the Shaft enclosure was backfilled with helium to 14.7 psia.
The Shaft’s three seals in series made permeation of the shaft an impracticably long operation (about
12 hours at ambient temperature) so the thermal vacuum test of the shaft was limited to “through”
leakage only. This meant that the leak rate was only observed for a few minutes (a minimum of three
minutes) to determine if there was leakage around the seals, as opposed to permeation through the
seals, which has a considerably longer response time. A year after the Hatch Thermal Vacuum Test, a
Shaft Thermal Vacuum Qualification Test was performed to completely qualify the Shaft seal design.

For the leak test of the Outboard Window seals, the volume between the Hatch Window panes was
evacuated with a roughing pump. The volume was then pressurized with helium to 14.7 psia, and the
seals allowed to permeate. There are four seals in the Outboard Window assembly, but several are in
parallel, so that the permeation time for the test, at less than an hour, was relatively short. Following
this test, the volume between the panes was again evacuated, and the chamber background allowed to
drop before proceeding to the next test.

The Outboard Perimeter Seal was tested by evacuating the volume between the perimeter seal beads
with a roughing pump, and then pressurizing the volume with helium to 14.7 psia. Once the seal was
permeated, the helium was evacuated from between the seal beads. Another chamber calibration was
then performed to ensure that there had been no loss in chamber sensitivity. Then the MSLD

- connected to the chamber turbopump was valved off and shut down.

The tests of the remaining three seals, the Inboard Window, the Inboard Perimeter, and the MPEV
flange, required the dome volume to be pressurized with helium while three separate MSLDs sampled
the inter-seal volumes of the window and perimeter seals and the MPEV enclosure. Before the helium
was applied to the dome, calibrations were performed for each of the seals to be tested. These
calibrations were performed simultaneously to reduce the test duration. The enclosure over the MPEV
was connected directly to an MSLD outside the chamber. No system calibration was performed on the
MPEYV enclosure, so the MSLD sensitivity (determined by connecting an external helium standard leak
to the MSLD prior to test) was used in the subsequent leak rate calculations.

The test of the Inboard Window assembly seals required connection of the volume between the
window panes to an MSLD via one of the two Window Leak Check Ports. The other Window Leak
Check Port was connected to a three valve manifold used to evacuate a standard leak. The volume
between the panes was evacuated with the MSLD, then the standard leak was valved onto the volume
to get the system sensitivity, which was used later for the Inboard Window leak rate calculations. Once
the standard leak was valved off, the background returned to its initial value.

The volume between the Perimeter Seals was calibrated in the same manner as the Window Seal inter-
volume. After the calibrations were performed, the Hatch Dome was evacuated to a maximum
pressure of 10 torr via a roughing pump outside the chamber, then it was pressurized to 14.7 psia with
helium. Leak rate data was recorded on the three separate MSLDs until each seal was stable.
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Following this leak test, the Hatch Dome was evacuated, then equalized with the chamber pressure in
preparation for heating or cooling to the next temperature extreme.

TEST RESULTS

Leak rate data, consisting of the test requirements and test results, is summarized in Table 1. The data
shows that the Inboard Window failed its leak rate requirement in the -50 °F case. Following the
completion of the third thermal cycle, the source of the leakage was discovered to be a gouge on the
sealing surface of the Leak Check Port, and was not associated with the Inboard Window seals. The
leak was repaired by application of epoxy to the leaky fitting. As an added precaution, an enclosure
was installed over the Window frame that allowed helium to be applied to the Window seals exclusive
of the leak check ports. The -50 °F case was then repeated for the Inboard Window seals, and a
successful leakage rate of 1.1E-6 sccs helium was obtained.

Another test anomaly was a failure of the Shaft seals in the -50 °F cycle. Although the Shaft passed the
total leak rate requirement, the quick helium response time indicated that there was excessive through
leakage of the shaft seals. As a result of this test the Shaft design was modified to incorporate two
more teflon seals, for a total of five seals. The resultant design change was qualified in the Hatch Shaft
Seal Qualification Test in August-September of 1997.

CONCLUSIONS

Optimal test sensitivity was obtained on the cryo-pumped chamber by installing the MSLD on the
turbopump foreline. There was no detrimental loss in chamber due to the use of the chamber cryo-
pumps. The Hatch Thermal Vacuum Qualification Test demonstrated that full assemblies can be tested
in such a way that the individual components can be evaluated during one test. The leak rate tests were
a successful example of complex quantitative leak rate testing in a large vacuum chamber.
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Table 1: Leak Rate Test Results

Inboard Outboard MPEV Inboard | Outboard
Hatch . . Shaft . .
Perimeter | Perimeter Flange Window | Window
Hatch Cycle Temp Seals
(de Seal Seal G he) Seals Seals Seals
g k) (sces he) (sccs he) sccs he (sccs he) | (sces he) | (sces he)
Leak Rate Requirement |, 10802 | 10802 | 27804 | 54802 | 16803 | 16B-03
(sccs helium)
No
Baseline Ambient 70 1.2E-03 1.2E-03 through 1.7E-05 1.6E-05 1.8E-04
leakage
First Cycle Cold
(Perimeter seals only) -10 5.6E-04 4.5E-04 - - - -
First Cycle Cold -50 1.0B-04 | 22E-04 . - ; ;
(Perimeter seals only)
First Cycle Hot 170 28E03 | 3.3E-03 ; - ; ;
(Perimeter seals only)
. No
'SI‘::: fr?'lcl)e Cold (Shaft 10 i i through ) i i
y leakage
Third Cycle Cold -50 1.9E-04 1.6E-04 2.7E-05 4.5E-03 3.2E-02 2.0E-05
Third Cycle Hot 170 2.5E-03 ' 3.3E-03 4.8E-06 7.7E-05 2.2E-05 4.3E-04
No
Third Cycle Ambient 70 1.3E-03 1.4E-03 through 6.0E-05 2.2E-05 1.8E-04
leakage
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INTERNATIONAL SPACE STATION NODE 1 HELIUM ACCUMULATION LEAK RATE TEST

Steve Underwood, Angela Holt
Boeing Defense and Space Group
International Space Station Program
Huntsville, Alabama

ABSTRACT

Developmental testing in support of the International Space Station program was performed which
verified the methodology, accuracy and sensitivity for the International Space Station (ISS) Node 1
flight article leak test. The testing was performed in the Space Station Processing Facility (SSPF)
located at Kennedy Space Center (KSC), and it evaluated the accumulation test technique of
quantifying the leak rate of a pressurized test article located in a container of known volume, the
Multiple Mission Support Equipment (MMSE) canister. Three calibrated leaks provided known
helium concentrations into the canister over time. The calibrated leaks selected for the test provided
helium flow rates which represented the overall Node makeup gas allocation and the approximated
Node leakage rate based on individual component testing previously performed. The calibrated leaks
were introduced through an access door penetration located at one end of the MMSE canister. A gas
chromatograph thermal conductivity analyzer was used to measure the helium concentrations taken
from six sample lines distributed inside the canister. As a result of testing, the helium accumulation
technique was selected as the method for determining the Node 1 flight article leak rate. The Node 1
element-level leak test was conducted March 11-19, 1998, in the SSPF.

INTRODUCTION

The ISS Node 1 is an interconnecting module for the US Laboratory, Airlock and other ISS modules.
With 160 penetrations through the module structure for power, data, and fluid pass-throughs and six
hatches, the Node has many potential leakage paths to space. All leakage paths were leak tested as the
Node was built up, but an overall element level test was required in order to verify that the Node met
its leak rate requirement of .117 pounds of air per day. A helium accumulation test was proposed, with
the Node pressurized to 14.7 psig with 50% helium enclosed in the MMSE canister. A developmental
test was performed in September of 1997 to validate the proposed test method. '

ACCUMULATION DEVELOPMENTAL TEST

For the developmental test, three different sizes of helium standard leaks were connected to the MMSE
canister and allowed to accumulate in the canister volume. The leaks selected for the test provided
helium flow rates which represented the overall Node makeup gas allocation, (1.5 sccs helium), and
two smaller leaks of .23 sccs helium and .023 sccs helium. A gas chromatograph thermal conductivity
analyzer was used to measure the helium concentration in parts per million helium, and was plumbed
to six sample ports distributed inside the MMSE canister. The canister was outfitted with two fans
located at opposite ends. See Figure 1 for the test setup configuration.
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The first series of tests consisted of separately valving on the three different leaks and taking periodic
samples of the MMSE canister helium background. The canister fans were on for these tests. The 1.5
sccs helium leak and the .23 sccs helium leak were valved onto the canister for 20 hours. Every four
hours, samples were taken from each of the six ports and analyzed by the gas chromatograph. The .023
sccs helium leak was valved on to the canister for 70 hours, with data collected every 10-12 hours.
Test results are compared with the theoretical results in Figure 2. The test results plotted were the
average of the six samples taken. The tests demonstrated that the accumulation method using the
MMSE canister could be used to accurately quantify a 0.023 sccs helium leak within 17% (worst case
average).

NODE 1 FLIGHT ARTICLE ACCUMULATION TEST

In March of 1998 the Node 1 flight article was installed into the MMSE canister for its element-level
acceptance test. The test setup is shown in Figure 3. The Node 1 was fully outfitted for flight, except
for one inter-module ventilation port feedthrough that had been removed and replaced with a
penetration for the test plumbing. First a characterization test was performed that was similar to the
earlier developmental tests, with the same three leaks introduced into the canister while the Node 1 was
unpressurized. The Node 1 was pressurized to 14.7 psig for a 50% helium concentration. Helium that
leaked from the Node into the canister was collected periodically and analyzed by the gas
chromatograph. The Node was de-pressurized to O psig and a finial calibration was performed using a
.023 sccs helium leak. Test results are summarized in Figure 4. The values for the Node 1
pressurization with helium were adjusted for the 50% helium concentration in the module. Node 1
leakage was determined to be .005 pounds per day of air.

" CONCLUSIONS

The test demonstrated the ability to leak test space station modules in an atmospheric environment by
the use of the accumulation test method. The test sensitivity was verified with standard leaks before
and after the Node was pressurized with helium. The helium accumulation test resulted in verification
that Node 1 leakage was 23 times below this requirement.
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CABLE BUNDLE WIRE DERATING

Ray A. Lundquist and Dr. Henning Leidecker
NASA Goddard Space Flight Center

ABSTRACT

The allowable operating currents of electrical wiring when used in the space vacuum
environment is predominantly determined by the maximum operating temperature of the
wire insulation. For Kapton insulated wire this value is 200°C. Guidelines provided in
the Goddard Space Flight Center (GSFC) Preferred Parts List (PPL) limit the operating
current of wire within vacuum to ensure the maximum insulation temperature is not
exceeded. For 20 AWG wire, these operating parameters are:

3.7 amps per wire

bundle of 15 or more wires
70° environment

vacuum of 107 torr or less

o o o @

To determine the behavior and temperature of electrical wire at different operating
conditions, a thermal vacuum test was performed on a representative electrical harness of
the Hubble Space Telescope (HST) power distribution system. This paper describes the
test and the results.

BACKGROUND

The HST Power Distribution Units (PDUs) are the primary distribution points of
electrical power for the HST electrical system. The PDUs accept high power, fused, solar
array/battery power from the Power Control Unit (PCU), fuse this power into lower
current services, and distribute it to all the HST loads.

The output services from the PCU use either 16 AWG or 20 AWG wiring, depending on
load requirements that were set two decades ago. The wire used within the PDU is
Kapton-insulated, multistranded, silver-coated copper wire. The maximum temperature
for this kind of wire is 200°C, set by the insulation. (Connections are either crimped, or
are heat-sunk such that the connections remain well below the melting temperature of
solder, 183°C.) The specification for the wire is MIL-W-81381/17-20-4.

A recently proposed design modification would increase to as much as 6.0 Amps the
current through a section of an individual 20 AWG wire; there are four such wires in a
bundle of 28 wires. This produces a possible conflict with the GSFC Preferred Parts List
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(PPL). The PPL specifies that the méximum current through a single 20 AWG wire be
3.7 Amps when that wire is present in a bundle of 15 wires or more, in a vacuum, and in
an environment whose ambient temperature is 70°C.

However, the PDU wiring of concern is operating in an environment whose nominal
temperature is 12°C, and whose maximum temperature is 25°C: not 70°C. In addition,
most of the other wires in the bundle (24 of the 28) will be carrying no more than 3 Amps
at any time: not all 28 wires will be simultaneously loaded to 6.0 Amps. Thus, it is not
clear that the recommendation of the PPL applies, since it is clear that the precise
conditions do not apply. Other guideline documents were also consulted, but offered no
clear guidance. Finally, estimating the temperature rise using a radiative transfer model
is not an option since neither the surface emissivity of these wires, nor the heat current
coupling between the wires, are known to the required accuracy.

To determine if the operating conditions described above will present a potential failure
point, or even a hazard, a thermal vacuum test was performed under conditions designed
to match the actual operating conditions to the greatest extent possible.

TEST SET-UP

A bundle was constructed using the same wire and assembly procedures that had been
used to construct the PCU bundle. In particular, the Kapton insulation was matched in
color, to match the radiative properties of that used in the PCU bundle. The bundle is two
feet in length, and contains a total of 28 wires. One wire was zigzagged back and forth to
create the “background” bundle of 24 wires, and another wire was zigzagged to create the
four “foreground” wires of present interest. This arrangement ensured that the same
foreground current passed through each of the foreground wires, and the same
background current passed through each of the background wires.

Four thermocouples were used, located about every six inches along the bundle, but no
closer than six inches from either end of the bundle. These were type T thermocouples,
with 30 AWG wire diameter. Each thermocouple was placed next to a selected wire
being measured, and fastened with lacing cord. To provide a measure of the bulk
temperature of the wires being measured, 7 mil aluminum tape was wrapped around the
bundle and the thermocouple. A Kapton tape over-wrap of the aluminum tape was
provided to maintain the thermal properties similar to the Kapton wire insulation. Two
thermocouples were fastened to an outer wire (background), and two were fastened to an
inner wire (foreground).

The wires were collected into a bundle so that each wire retains its relative position
radially within the bundle, as one moves from one end to the other. (The wires were not
“woven” into a braid or a rope.) In particular, the foreground wires are at (or near) the
radial center, everywhere from one end of the bundle to the other. Cable ties were used

116



every four inches along the bundle and tensioned using a Panduit Tie-Wrap tool with a
setting of 4. The bundle was placed into the thermal chamber, in a nearly vertical
orientation; thus, the thermocouples are classified as “top” and “bottom” in the table,

rather than “left” and “right.”

Figure 1 shows the test set-up and the schematic location of the thermocouples.

Thermal Vacuum Chamber

Temperature
Monitor

Background wire
current supply

#1
3

#4

Foreground wire
current supply

#2

#3

+— 2ft ——»

Figure 1 — Thermocouple Locations During Thermal Vacuum Test

Note: The figure depicts the wires installed in the thermal vacuum chamber in a
horizontal configuration. This is for ease of drawing only. The wire bundle was
actually installed in the thermal vacuum chamber in a vertical configuration as

shown in Figure 2.
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Figure 2 displays a photograph of the set-up in the thermal vacuum chamber.

Figure 2 — Photograph of Thermal Vacuum Chamber

TEST RESULTS

The effects of three parameters were measured: the temperature of the thermal vacuum
chamber’s shroud, the foreground current driving the 4 wires of special interest to this’
study, and the background current driving the 24 enclosing wires.

Values were set and then held constant for each of these parameters until the steady state
temperatures could be estimated. The values of the parameters, and the history of the
four temperatures, are shown in Figure 3. Inspection shows that these temperatures
approach steady state values for each set of test parameters, with a time constant (the time
to achieve ~70% of the steady state value) of about 15 minutes. Estimates of the steady
state values are given in Table 1.
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Thermocouples #1 and #4 measure apparently equivalent locations: we would expect
their temperatures to be identical except for differences in the construction of the bundle.
We would expect the same from thermocouples #2 and #3. In fact, the difference T(#1)-
T(#4) ranges from 5°C to 27°C, and the difference T(#2)-T(#3) ranges from 1°C to 6°C.

Cylinder Background Foreground TC #1 TC#2 TC#3 TC#4
Temperature Current Current Outside | Inside Inside Outside
°C Amps Amps Top Top Bottom | Bottom
0 1 4 18 32 31 13
0 1 6 38 68 65 32
0 1 8 61 113 108 38
0 3 4 56 73 71 41
0 3 6 71 104 100 49
0 3 8 92 147 141 63
12 1 4 29 44 41 22
12 1 6 44 76 71 32
12 1 8 67 121 116 46
12 3 4 63 80 78 49
12 3 6 77 111 107 57
12 3 8 97 152 147 70
25 1 4 39 54 51 33
25 1 6 53 85 81 42
25 3 6 85 119 115 65
25 3 8 105 160 155 78
70 3.7 3.7 122 140 137 109

Table 1 — Experimental Data

The temperature of individual wires is affected by the extent of “openness” versus
“tightness” of the bundle, which affects the thermal coupling of the individual wires.
This effect is more important for wires on the outside of the bundle than for wires in the
inside. We are most interested in the temperature of the inner wires, and these are well
determined for our present purposes. We shall use the averages of thermocouples #1 and
#4, and of #2 and #3.

To the extent that the properties of the wires do not depend on temperature, and that the
temperature differences between the outer wires and the shroud are relatively small (on an
absolute temperature scale), then the temperature increases above the shroud’s
temperature should be the same for each shroud temperature. Table 2 displays the
foreground temperature (computed as the average of thermocouples #2 and #3), minus the
temperature of the shroud.
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Foreground Shroud Foreground Wire Temperature
Current Minus Shroud Temperature
Temperature For Background Current
OC o C
1 Amp 3 Amp
4 Amp 0 32°C 72
12 31 67
25 28 -
6 Amp 0 67 102
12 62 97
25 58 92
8 Amp 0 111 144
12 107 138
25 -— 133

Table 2 — Experimental Data With Shroud Temperature Dependence Removed

The entries in each box are in the vertical order: T(shroud) = 0°C, 12°C, and 25°C,
respectively. Also, “---“ means that the parameters were not included in the test. To a
first approximation, the values do not depend on the temperature of the shroud. To a
second approximation, there is a clear (if small) downward trend with increasing shroud
temperature. This is caused in part by the temperature dependence of the electrical -
resistance of the wire, and in part by end effects, which, while small, are not completely
absent. The 12°C shroud temperature values are fit with an average error of about 5% by
the expression

1.5°C 2 48C 2
T Foreground = T Shroud + Amp2 * I foreground + Amp2 * I Background

which has the expected theoretical form. On the one hand, this equation, with just two'
parameters, usefully summarizes 16 test results. On the other hand, a better fit would
capture the dependence on the shroud’s temperature: inspection of Table Two shows that
the coefficients drop steadily with increasing shroud temperature. This would introduce
other parameters, perhaps only one more, if the main dependence is caused by the change
of resistivity with temperature (which is the same for both foreground and background
wires).

The coefficient of the background current is larger (3.2 times larger) than the coefficient
of the foreground current. There are 24 background wires, and 4 foreground wires (a
factor of 6 times more); but the foreground wires are more tightly coupled to each other
than to the typically more distant background wires, and this reduces the effect of the
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background wires on the foreground wires. Thus, the observed ratio of the current-
coefficients is plausible.

The thermal vacuum test included the special case I(foreground) = I(background) = 3.7
Amp. This was not included in data set used to obtain the fitted expression. Using the
expression, we compute T(foreground) = T(shroud) + 86°C, while the experimental value
is 69°C. The computational value is 170C, or 25% greater than the observed value. This
difference would decrease sharply if the decrease of the coefficients with increasing
temperature were to be included, since the coefficients represent the behavior at 12°C, and
this last test used a shroud temperature of 70°C.

The test results show that the recommendation of the PPL keeps all wires under their
rated maximum temperature, as it should.

The values of the coefficients of the fitting equation must depend on the emissivity of the
insulation, and so must not be used to predict the behavior of other sorts of wire. It might
prove possible to usefully estimate this effect, so that an approach like this one could be
used to compliment guidebook recommendations. The form of the fitting equation
should be general: the temperature rise of any wire above that of the shroud must be a
linear combination of the squares of the currents through the other wires.
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Figure 3 — Wire Bundle Temperature History

Notes: The numbers in the figure are the currents carried by the foreground and
background wires. The first number is the background current: the current
carried by 24 wires in the test bundle. The second number is the foreground
current: the current carried by 4 wires in the bundle. For example, “3, 8”
designates 3 Amps on the 24 background wires, and 8 Amps on the 4
foreground wires.

CONCLUSION

There is a high level of confidence that the wires within the PDU of the HST will not
exceed or approach their maximum operating temperature. This is true even when as
much as 8 Amp is passing through the subject wires, if no more than 3 Amp is passing
through the remaining wires, and the PDU is no hotter than 25°C.
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Under the conditions named in the PPL, some wires reached a maximum temperature of
140°C, which is safe.

A variety of test data were brought under the control of a single equation with two
parameters. The form of this equation is general, and should apply to other wire bundles
as well. Experiments are presently required to determine the parameters.
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THERMAL VACUUM TESTING OF THE CREW AND EQUIPMENT
TRANSLATION AID FOR THE INTERNATIONAL SPACE STATION

Raul A. Blanco, Michael Montz
Crew and Thermal Systems Division
NASA'’s Johnson Space Center
Houston, TX

Mark Gill
Lockheed/Martin
Houston, TX

ABSTRACT

The Crew and Equipment Translation Aid (CETA) is a human powered cart that will aid
astronauts in conducting extra-vehicular activity (EVA) maintenance on the International Space
Station (ISS). There are two critical EVA tasks relevant to the successful operation of the
CETA. These are the removal of the launch restraint bolts during its initial deployment from
the Space Shuttle payload bay and the manual deceleration of the cart, its two onboard
astronauts, and a payload. To validate the launch restraint and braking system designs, the
hardware engineers needed to verify their performance in an environment similar to that in’
which it will be used. This environment includes the vacuum of low earth orbit and
temperatures as low as -110 °F and as high as +200 °F. The desire for quantitative data, as
opposed to subjective information which could be provided by a suited astronaut, coupled with
test scheduling conflicts resulted in an unmanned testing scenario. Accommodating these test
objectives in an unmanned test required a solution that would provide remotely actuated
thermal vacuum compatible torque sources of up to 25 ft-lbs at four horizontally oriented and
four vertically oriented bolts, a variable input force of up to 125 Ibs at the four brake actuators,
and thermal vacuum compatible torque and force sensors. The test objectives were
successfully met in both the thermal Chamber H and the thermal vacuum Chamber B at
NASA’s Johnson Space Center.
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THERMAL VACUUM TESTING OF

THE MARS SURVEYOR PROGRAM AND STARDUST SPACECRAFT

William N. Breeden III
Lockheed Martin Astronautics
Denver, Colorado

ABSTRACT

Following the success of the Mars Global Surveyor (MGS), Lockheed Martin Astronautics
(LMA) in Denver, CO was awarded two more contracts by NASA to produce spacecraft under the faster,
better, cheaper initiative. The first contract, the Mars Surveyor Program (MSP), includes two vehicles,
an orbiter and a lander. The Orbiter will launch on December 10, 1998 and move in to orbit around Mars
on September 23, 1999. The lander will launch on January 3, 1999 and land on the Martian surface on
December 3, 1999. The second contract, Stardust, is the space mission that will fly close to a comet and,
for the first time ever, bring cometary material back to Earth for analysis.

In support of these two programs, four system level thermal vacuum tests were performed in
1998, three for MSP and one for Stardust. The MSP Orbiter was tested in LTMA’s 8.8m x 19.8m (29’ x 65")
solar thermal vacuum chamber. The MSP Lander was tested in two configurations. The Lander was
tested in its cruise configuration in LMA’s 8.8m x 19.8m (29’ x 65) solar thermal vacuum chamber. The
landed configuration was performed in LMA’s 5.5 m x 6.1m (18" x 20") thermal vacuum chamber. The
Stardust spacecraft will undergo one test in LMA’s 5.5 m x 6.1m (18’ x 20") thermal vacuum chamber.

INTRODUCTION

This paper will discuss the four system level thermal vacuum tests conducted for the MSP and
Stardust spacecraft. For each test, this paper will present the test objectives, test configuration, test
profile, and test results. As the paper indicates, meeting the cost and schedule constraints of these two
faster, better, cheaper programs required designing tests around existing capabilities and test fixtures to
the extent possible.

The next sections will present a brief mission overview of the two programs and a brief
description of the system level thermal vacuum testing performed for each . The Mars Surveyor
Program will be discussed first followed by Stardust.
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Mission Overview of Mars Surveyor Program

The Mars Surveyor Program (MSP) is the next generation of spacecraft to be sent to Mars. The program
consists of both an orbiter and a lander. The two will be launched separately on Delta launch vehicles.
The MSP mission will build on the knowledge gained by the Mars Global Surveyor and Mars Pathfinder
missions. The MSP orbiter, which has been named the Mars Climate Orbiter, will launch in December
1998 and arrive at Mars 10 months later. Following a series of aerobraking maneuvers, the orbiter will
achieve a stable orbit around Mars, and then use atmospheric instruments and cameras to provide
detailed information about the surface and climate of Mars. The MSP lander, which has been named
the Mars Polar Lander, will launch in January of 1999, one month after the orbiter. It will land near the
southern polar cap on Mars. The lander is equipped with cameras, a robotic arm and instruments to
measure the Martian soil composition. Two small microprobes on the lander will penetrate into the
Martian subsurface to detect water ice.

The two MSP spacecraft, the orbiter and the lander, obviously will be subjected to very different
environments. This meant that at least two different system level thermal vacuum tests would be
necessary. Furthermore, the lander is exposed to two very different environments. The environment
during the cruise stage of the mission is very different from the landed environment. As a result, a total
of three system level thermal vacuum tests were conducted in support of MSP:

1. MSP Orbiter Thermal Vacuum
2. MSP Lander Cruise Stage Thermal Vacuum
3. MSP Lander Landed Thermal Vacuum

Mission Overview of Stardust

Stardust is the fourth of NASA’s Discovery missions. It is a comet sample return mission. This will be
the first sample return mission from beyond the Earth-Moon system. Stardust will launch in 1999
onboard a Delta launch vehicle. The mission will collect interstellar dust in 2000 and 2002, and then
encounter Comet P/Wild 2 in 2004. It will collect comet dust and possibly obtain high resolution images
of the comet’s nucleus. The Sample Return Capsule (SRC) will return to Earth in 2006 with cometary
and interstellar dust.

The Stardust spacecraft will undergo a single system level thermal vacuum test.

T FA AND EOQUIPMENT

Space Simulation Lab Equipment

The following chambers and equipment were utilized in support of thermal vacuum testing for these
spacecraft:

Large Thermal Vacuum Chamber: The 8.8m dia x 19.8m high top loading chamber is
cylindrical in shape. Itis a high vacuum, chamber capable of being evacuated to a pressure of 1x10-5
torr or less. It has a work space of 7.9m x 14.0m. The chamber is equipped with a thermal shroud which
can be flooded with LN2 or controlled with GN2 between -155°C and 38°C.

4.8m dia Solar Simulator; The 4.8m Solar Simulator system is part of the 8.8m dia x 19.8m high

thermal vacuum chamber. The system is capable of producing a cylindrical test volume 4.8m diameter
and 4.8m high with high fidelity and variable intensity. It is an off-axis, collimated beam system
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capable of .35 to 1.4 solar constants, with beam uniformity of +/- 5%. The beam is spectrally filtered for
close air mass zero solar spectral match.

Two Axis Gimbal: The Gimbal is a stainless steel support structure that is 3.8m high and has a
support beam 6.4m long. The position of a test article mounted to the gimbal turntable can be controlled
in two axes. The beam can tilt the test article at varying speeds from .018 RPM to 3 RPM. The turntable
can rotate 360° at varying speeds from .018 RPM to 3 RPM both forward and reverse. The structure is
capable of supporting a dynamic load of 2268 kg and has a maximum moment capability of 2268 kg at
1.2m = 27,120 nm. The gimbal system is computer driven to provide programmable control to both axes.

Thermal Environment Simulator (TES): The TES is a thermally controlled enclosure. The
enclosure is 11m high and has an octagonal cross section which measures 4.9m across. The TES has a
total of 56 independently controlled temperature zones. Each zone consists of a panel of multiple
heated louvers. The louvers can be rotated between 0° and 90° to allow the test article mounted inside
the enclosure to view either the closed louvers which can be controlled between +121°C and -157°C or
the chamber shroud. The 48 side panels are easily removed from the TES and can be operated
independently from the system. Each side panel measures approximately 1.8m x 1.8m. The TES is six
sections high. The top two sections of the TES can be removed as a unit.

5.5m x 6.1m Thermal Vacuum Chamber: The 5.5m x 6.1m chamber is a high vacuum, chamber
capable of being evacuated to a pressure of 1x10-5 torr or less. It has a work space of 4.9m x 5.6m. The
chamber is equipped with a thermal shroud which can be flooded with LN2 or controlled with GN2
between -157°C and +121°C.

Program Owned Test Fixtures

In addition to the lab’s resources, several existing program owned test fixtures were utilized. These
fixtures were originally built for the MGS program. These include the following:

Gimbal Interface: This interface plate mounts to the launch vehicle interface of the spacecraft.
It was originally designed to mount the MGS to the two axis gimbal. It was also used to mount the MGS
to the spin table for spin balancing the spacecraft.

Aft Cooling Plate: This thermally controlled plate mounts inside the gimbal interface and
creates the desired thermal environment for the aft end of the spacecraft. The plates are heated with
heater tape or cooled with LN2.

Gimbal Cryo Shields: These two thermally controlled plates mount to the gimbal on either
side of the spacecraft. They were originally designed to shield the spacecraft from the thermal effects
of the gimbal. The plates are heated with heater tape or cooled with LN2. .

Planet Simulator: The simulator consists of four thermally controlled plates. Each plate

measures 1.5m x 1.5m. Together they form a form a 3m x 3m temperature controlled sink. The plates are
heated with heater tape or cooled with LN2.

MSP ORBITER THERMAL VA TEST
Test Objectives
The objectives of the MSP Orbiter thermal vacuum test were as follows:

1. Validate the thermal behavior of the MSP spacecraft in all bounding mission states except
aerobraking.
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2. Validate integrated spacecraft functionality by performing the following:

a. Perform two spacecraft functional tests.

b. Perform thermal “transient” cases.

¢. Validate heater set-points to the maximum extent possible.
Gather PMIRR/Spacecraft integrated performance data in a space-like environment.
Gather MARCI/Spacecraft integrated performance data in a space-like environment.
Provide a medium for removal of all residual IPA from propulsion system.
Provide an overall system level thermal workmanship test.

oGl W

Test Configuration

The MSP orbiter thermal vacuum test was performed in the 8.8m x 19.8m chamber. Two separate
mission phases, cruise and mapping, as well as a cruise safing configuration were simulated. The
spacecraft was mounted to the Two Axis Gimbal utilizing the Gimbal Interface that was built for MGS.
This configuration allowed the orbiter to be positioned at the appropriate sun angle for each phase of
the mission. This test also utilized the Planet Simulator that was designed and built for MGS. During
the mapping sequence, the planet environment was simulated by this system. In order to reduce the
thermal effects of the Two Axis Gimbal, three thermally controlled plates from the MGS test were
used. These were the aft cooling plate and the two gimbal cyroshields. Each of these plates was
capable of being heated or flooded with LN,. Figure 1 shows a top view of the test configuration.
Figure 2 shows a side view of the test configuration with the gimbal oriented in the initial position for
the first phase of the test.

Figure 1 - MSP Orbiter Thermal Vacuum Test Configuration - Top View
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Figure 2 - MSP Orbiter Thermal Vacuum Test Configuration
Initial Position - 144° Inner/Outer Cruise Stage, Case 1 and 2

Test Profile

The deep space environment was created by flooding the chamber shroud with LN, and evacuating the
chamber to a minimum of 1x10? torr. The intent of the test was to simulate two distinct mission phases;
cruise and mapping. During each phase, the gimbal was used to obtain the correct spacecraft
orientation relative to the solar beam. The solar intensity was varied, and the planet simulator was
used to simulate the environmental effect of the Martian planet during the mapping phase. During
each phase, the spacecraft was powered to a state which is nominally associated with that particular
phase of the mission. Figure 3 shows the test profile. The test required five different orientations of
the spacecraft. These orientations are shown in figure 4
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Figure 3 - MSP Orbiter TV Test Profile
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Second Position - 90° PMIRR Calibration Stage, Third Position - 90° Aphelion/Perihelion
Case 3 Mapping Stage, Case 4 and Case 5

Fourth Position - 144° Inner Cruise Safe Stage, Fifth Position - 45° Radiator Calibration Stage,
Case 6 ' Case7

Figure 4 - MSP Orbiter TV Spacecraft Orientations

Test Resuits

The initial MSP orbiter test began on April 13, 1998. The test was returned to ambient on April 24, 1998.
During this initial test, an anomaly occurred involving the PMIRR instrument. After determining the
cause of the failure, a partial re-test was run from April 27, 1998 to April 30, 1998. Including pumpdown
and return to ambient operations, the initial test ran for 264 hours, and the re-test ran for an additional
67 hours.
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MSP LANDER CRUISE STAGE THERMAIL VACUUM

Test Objectives
The objectives of the MSP Lander Cruise Stage thermal vacuum test were as follows:

1. Acquire thermal data that will sufficiently validate the thermal behavior of the MSP

Lander while in the cruise configuration for all bounding mission states.
2. Validate integrated spacecraft functionality by performing the following:

a. Perform two spacecraft functional tests.

b. Perform thermal “transient” cases.

c. Validate heater set-points to the maximum extent possible.

d. Validate spacecraft sensitivity to heatshield temperature variation.
3. Provide an overall system level thermal workmanship test.

Test Configuration

The MSP Lander Cruise Stage thermal vacuum test was performed in the 8.8m x 19.8m chamber. A
single mission phase, the cruise phase, was simulated. The spacecraft was placed on a stand with its
heatshield removed. This assembly was installed inside the top two sections of the TES. The lid of
the TES was removed in order to allow the beam of the solar simulator to irradiate the spacecraft. The
appropriate sun angles for inner and outer cruise were simulated with the solar simulator and
supplemented IR radiation from the TES. The chamber configuration for this test is shown in figure 5.

Figure 5 - MSP Lander Cruise Stage Thermal Vacuum Test Configuration - Top View
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Test Profile

The deep space environment was created by flooding the chamber shroud with LN, and evacuating the
chamber to a minimum of 1x10? torr. The intent of the test was to simulate the cruise portion of the
lander mission. During each cruise phase, the proper environment was created by varying the intensity
of the solar simulator and supplementing the solar beam with additional IR energy from the TES.
Figure 6 shows the test profile.

Case0A Case 1A CamiA CasedA Case A Case SA
-Pumpdown «OuterCrise 2CPL) ~OuterCrise ~Tanks = lrner Cruise 2CPL) Steady ~inner Cruise SCPL) -Rempto
Sleady Stata {1CPL) Steady State} Case 3B State Steady State Ammblent
Case 1B Case2B ~MGA Gimbe! Hy Cased8 Case S8 Case$B
-40BPS Data ~Cold Functional Case 3C -0 Zaxs Solar Star Camera ~TCM Catbed ~Covona
CaseiC DREM Manif. Test CazeSC
~TCM Cathed andD.E. Vaive CasedC =~SSPA Thenmal Vac
Case D Case 3D -1008PS Data Qual
=Cold Plate Vedf. «Landed SA Case 4D Case D
Case 1E DamperHir «Hat Functional ~Cold Plate Verlf,
-SSPA preheatand
Duty Cycie
Pumpdown LY TES Off +YTES: On
; EDL Ramp to
HOT Quter Qruise Preheat Inner Cruise
642 W/ m2 642 W/ m2 1435 W/ m2
Solar <3 = g Promn
Operating CPL's 2 1 i n 2 N
COLD
RCSCatbed His
On {Primary Side)
| | I | 1 |
i 1 1 ¥ I 1 i
1 2 3 4 5 6 .
DAY
Figure 6 - MSP Lander Cruise Stage Thermal Vacuum Test Profile
Test Resul

The test began on May 17,1998. The test lead to the discovery of a problem with a critical component of
the spacecraft’s thermal control system. The Capillary Pumped Loops (CPL) failed to function as
designed. The test was returned to ambient on May 19, 1998, 72 hours after starting. As a result of the
failed CPLs, the lander’s thermal control system was redesigned to utilize a passive thermal control
scheme. The cruise stage was scheduled to be re-tested following this modification.

At the time this paper was written, the thermal vacuum test of the spacecraft’s new configuration had
not been conducted. In the new test, the heat shield will be installed and the spacecraft will be
suspended in the 8.8m x 19.8m chamber as shown in figure 7. The solar simulator will again be utilized,
but the TES will not be used. Testing is scheduled to be run in early September of 1998.
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Figure 7 - MSP Cruise Stage Planned Re-test Configuration

MSP LANDER LANDED THERMAL VACUUM

Test Objectives

The objectives of the MSP Lander Landed thermal vacuum test were as follows:

1.

2.

6.

Acquire thermal data that will sufficiently validate the thermal behavior of the MSP
Lander in all of the major mission states.

Validate integrated spacecraft functionality in the Martian environment by performing
flight-like sequences or other functional tests.

3. Validate heater set-points to the maximum extent possible.
4.
5. Validate thermal design margin as a function of the vehicle performance in the Martian

Provide an overall system level thermal workmanship test.

environment.
Validate science and spacecraft power consumption models at the hot and cold environments.

Test Configuration

The MSP Lander Landed Thermal Vacuum test was performed in the 5.5m x 6.1m chamber. The Martian
surface environment was created by driving the shroud to a sky temperature of -133°C, back-filling the
chamber with GN, to 8 torr, and simulating the solar irradiance with six TES panels which enclosed
the spacecraft. The TES panels were controlled to simulate temperature ranges from -30°C, representing
a hot Martian day, to -75°C, representing a cold Martian day. The chamber remained at 8 torr for the
majority of the test. During high pressure thermal balance cases, the pressure was raised to 20 torr.
Figure 8 and figure 9 show the test configuration.
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Figure 9 - MSP Lander Landed Thermal Vacuum Test Configuration - Top View
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Ava

chamber with GN, to 8 torr, and simulating the solar irradiance with six independently controlled TES
panels. The Lander was operated through a “hot” Martian day and several “cold” Martian days.

As previously stated, the Martian surface environment was created by driving the shroud to the
Figure 10 shows the test profile.

anticipated sky temperature of -133°C, simulating the Martian atmosphere by back-filling the

Test Profile
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Figure 10 - MSP Lander Landed Thermal Vacuum Test Profile
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Test Results

The test of the MSP Lander in its landed configuration began on July 26, 1998. Testing was successfully
completed on August 2, 1998. The total test duration including pumpdown and return to ambient
activities was 168 hours.

STARD VA

Test Objectives

The objectives of the Stardust thermal vacuum test were as follows:

1. Acquire thermal data that will sufficiently validate the thermal math model predictions of the
thermal behavior of the Stardust spacecraft in all of the major mission states.

. Validate integrated spacecraft functionality and the performance of the flight thermal subsystem.

. Validate heater set-points to the maximum extent possible.

. Provide a medium for removal of all residual IPA from the propulsion subsystem.

Test Configuration

The Stardust Thermal Vacuum test will be performed in the 5.5m x 6.1m chamber. The spacecraft will
be tested in a vertical orientation. It will be mounted to the chamber’s air bearing cart using the MGS
Gimbal Interface. The MGS Aft Cooling Plate and Gimbal Cryo Shields will serve as the +X sink panel
and will be controlled from -180°C to 50°C. The solar arrays will be replaced by solar array simulators.
The simulators will be designed to produce a temperature of -120°C to 90°C. The MGS Planet Simulator
will serve as a +Z sink panel which will provide the thermal heating to simulate the hot spacecraft
environment. The panel will be controlled from -120°C to 90°C. The test configuration is depicted in
figure 11 and figure 12.

= WN

Figure 11 - Stardust Thermal Vacuum Test Configuration - End View
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Figure 12 - Stardust Thermal Vacuum Test Configuration - Side View

Test Profile

The deep space environment will be created by flooding the chamber shroud with LN, and evacuating
the chamber to 5x107 torr or less. The intent of the test is to simulate mission phase flight operations.
The proper environment will be created by using the sink panels and simulators. Figure 13 shows the
test profile.
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Test Results

As of the date of this paper, the Stardust System Level Thermal Vacuum had not been run. The test is
currently scheduled to be run in September of 1998.
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CONCILUSION

Performing thermal vacuum testing of spacecraft under the faster, better, cheaper initiative presents a
great challenge. Conducting test programs for multiple spacecraft concurrently makes the task all the
more difficult. By utilizing existing facility capabilities and designing tests around existing test
fixtures, the challenge can be met. This often requires compromise on the part of program thermal
engineers. By heavily relying on the work done to support the Mars Global Surveyor, Lockheed Martin
Astronautics successfully designed spacecraft level thermal vacuum tests for the MSP Program and
Stardust spacecraft that were faster, cheaper, and better.
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A NEW METHOD FOR THERMAL VACUUM TESTS TELECOMMUNICATION SPACECRAFT
THE SIMULATION OF THERMAL SINK

Jean-Louis MARCE B. POULAIN J. GAYRARD
Joseph MERLET Matra Marconi Space France® Centre National
Yannick CHARLES d’Ftudes Spatiales®
INTESPACE®
TOULOUSE, France
ABSTRACT as compensation for flux received by the satellite at the

The solar simulation chamber has some limitations well
known : diameter of solar beam, performance of attitude
simulator, of thermal generator, value of irradiation.
Their investment costs are high and there is a strong
strength : the reduction of test cost which implies to
mix functional tests with thermal balance test.

A new method is described in this paper which
overcomes these difficulties. This method is called
simulation of thermal sink.

The paper presents :

- The comparison between various simulation methods
in thermal vacuum test versus the requirements of test
of telecommunication spacecraft with a conclusion of
the interest of the simulation of thermal sink.

- The studies which lead to a prototype of a thermal
generator. Various design choices are explained and
justified. In particular, the thermo-hydraulic studies of
the shroud which simulates the thermal sink have
allowed an optimisation of the pressure drop, the
thermal gradient and the geometry of the fluid loop.

- The specification prototype of the thermal generator,
its implementation on the SIMMER facility, the results
of assessment tests.

- The design of the operational thermal generator and the
final implementation.

INTRODUCTION

Apart from standard validation needs for the thermal
control of a telecommunications satellite related firstly
to competitiveness constraints (the need to reduce costs
of using test means, limitation of the duration and
grouping of vacuum thermal and vacuum-sunlight
tests), and secondly to special needs (verification of
payload performances in the winter and summer seasons,
the satellite at the equinox, batteries and antennas),
changes in thermal well simulation test methods are
related to the development of new identified needs such

end of its life or simulation of transients compatible
with radio frequency test needs not covered by existing
classical means.

It is unrealistic to design an equipment that satisfies all
the previously developed needs. In most cases,
validation of the thermal control involves a simple
simulation of flux on the North/South walls, the
purpose then being to compensate for external powers
absorbed by the satellite (in practice heating at a given
power or increasing to a given temperature) rather than
reproducing the cause, for example using an artificial
sun.

The general specifications for this type of equipment/
compatible with the needs mentioned above are:

In terms of control

To control the satellite by temperature or by flux in
order to simulate an environment similar to flight
conditions required by the customer.

In terms of homogeneity

Equipment of this type must be capable of producing
sufficient flux to avoid introducing hot points on the
radiator, the value of the homogeneity remaining to be
defined in the design specification.

In terms of calibration

The simulation of fluxes absorbed by satellife N/S
radiators involves a precise calibration of the test
facility, setting up a comrespondence between a
regulating value in the equipment (for example a
voltage) and either:

- the flux absorbed at OSR radiators for control by flux,
- the temperature of the radiators for control by
temperature.

Permanent and transient status simulation

The simulation of transient statuses caused by eclipses
requires the ability to reproduce flux losses absorbed by

(1) 18 avenue E. Belin - 31029 Toulouse cedex 4 - France - Tél : 33 (0)5 61 28 11 11 - Fax: 33 (0)5612811 12
(2) 31 avenue des Cosmonautes - 31402 Toulouse cedex 4 - France - Tél : 33 (0)5 62 19 62 19 - Fax : 33 (0)5 62 1955 10
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the radiators as similar as possible to losses during
eclipses. This point does not need to be considered in
this case.

In terms of modularity

This specific feature is a result of economic needs (test
equipment to be reused on other Telecommunication
Satellite programs).

EQUIPMENT USED

Several methods (infrared lamps, Calrods, plates with
temperature controlled by a fluid, local heaters, etc.) can
be considered for Vacuum-Thermal tests in which the
objective is to compensate for an effect or to heat.

The importance of the advantages and disadvantages of
each will depend on the context (see selection below);
these methods can easily be combined on North/South
walls, (see figure 1 attached).

The method is selected based on three criteria,
considering constraints related to the satellite, the test
equipment, and the test. Although constraints related to
the satellite depend on its geometry such that it is
impossible to determine one preferred method, it is
apparent that the use of regulated plates is the most
efficient way of controlling the temperature, calibration,
definition, qualification, repetitiveness and precision of
the test equipment. Calrods are also good for control by
temperature, they have precision and can provide a more
modular solution, like lamps (with the additional
advantage of lower thermal inertia).

For constraints related to the test, regulated plates are
the best way of solving problems related to thermal
modeling, reliability, contamination, end of life
simulation, precision of emitted fluxes, positioning
with respect to the satellite, and equipment reuse.
Calrods appear to be best when there is a large number
of areas, and lamps are the last choice particularly due to
possible contamination and poor precision of emitted
fluxes.

Due to the simple geometry of North/South walls on
telecommunication satellites and constraints related to
the test equipment or the test, the preferred choice will
be the method using temperature regulated plates located
in a chamber reproducing space vacuum conditions.
Nodal thermohydraulic modeling of the two types of
plates is done using the ESACAP software, and the
results are summarized in table 1 in terms of pressure
loss and local temperature uniformity.

Several submodels were placed inside the ESACAP
model in order to identify the temperature variation

within the shield itself. A coupled network using
pressures as state magnitudes, was used to determine the
variation of pressure losses taking account of the very
large variations of fluid properties.

The nodal breakdown of a tube was done by nesting, and
the behavior of several successive tubes was studied.
All solutions were studied considering a large number of
tubes in order to clearly identify the behavior of the area
under a high flux density. Thermohydraulic calculations
related to the choice of the operating mode were made
using the Excel software.

MAIN RESULTS

Therefore, the problem to be solved consisted of
choosing a plate geometry, defining the industrial
architecture, and a thermohydraulic operating mode for
the fluid loop.

Choice of fluid
(see figure 3 attached)

The operating temperature range (100 K - 300 K)
naturally imposes nitrogen gas as the fluid.

Choice of the plate geometry

Two plate geometries could be adopted; firstly a
geometry with "hairpin" fluid circulation (coil type with
one input/output), or secondly a geometry based on
tubes supplied in parallel (n inputs / n outputs).
Another important parameter is the position of the flux
with respect to the fluid circulation in the regulated
plate.

Table 1 summarizes the main thermohydraulic results
derived from the ESACAP model.

The results summarized in the above table clearly show

that the spatial non-homogeneity of the temperature and

the 1ib effect depend on:

- the type of circulation of nitrogen gas (circulation in
hairpin or tubes supplied in parallel);

- the position of the flux with respect to the tubes (flux
perpendicular or parallel to the tubes). '

Choice of the gas circulation type

Although the  thermal  performances (rib
effect/temperature difference between area with high flux
and area with low flux) are approximately equal (with a
slight advantage for plate tubes being supplied in
parallel), an examination of the pressure losses induced
by a "hairpin” circulation shows that this option is
unrealistic due to the size of the circulating pump
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necessary to control the fluid loop. Therefore, it was
decided to supply the plate using tubes in parallel,
branch connected to a manifold at the top and bottom.

Position of flux compared with gas circulation

An examination of the local temperature uniformity
shows significantly better results when the flux in the
critical area is perpendicular to the gas circulation tubes.

Choice of the industrial architecture
(see figure 2 attached)

Four solutions were proposed in the presentation of the
various possible solutions that could satisfy the needs:

- Solution 1

in which a direct connection is made to an existing
thermal generator, using it as a source at 100 K, the
temperature increase being supplied by heat exchangers
and electric heaters placed in series.

~ Solution 2

in which a source at 100 K independent of the existing
network is used, the temperature increase being supplied
as above by heat exchangers and electric heaters placed
in series.

- Solution 3

in which independent 100 K - 300 K thermal generators
are used. The previous equipment is eliminated (each
circuit includes only the generator associated with its
thermal shield).

- Solution 4

in which a single 100 K - 300 K thermal generator is

used for the six areas, the thermal generator then being

used at the lowest temperature of the six areas, the

temperature increase being supplied as in cases 1 and 2

by heat exchangers associated with electric heaters.

The thermohydraulic design of the various solutions

identified a solution making use of independent thermal

generators based on the following technical criteria:

- Thermal performances (margins, controllability by
area, modularity, ternperature uniformity)

- Instrumentation

- Control system (Control and regulation loop, ease of
use, operation)

- Product assurance.

Choice of the operating mode for the fluid
loop

After the industrial architecture is chosen, the need can
be solved using two different philosophies. The fluid

loop can operate either at imposed pressure (with tank)
or at constant density.

Operation at constant pressure

The working pressure is fixed (for example by the

pressure in the supply tank), and the density of the gas

is allowed to vary as a function of the temperature.

Heating is done by heaters located in the gas flow,

cooling is done either by direct injection of liquid

nitrogen (which requires a pressure control loop in
addition to the temperature control), or by a liquid
nitrogen / nitrogen gas exchanger.

In this operating mode, the fluid speed and therefore the

pressure loss varies proportionally to the temperature.

Therefore, the power of the circulation fan becomes an

important factor in the increase in liquid nitrogen

consumption.

The following table summarizes the main results of this

operating mode with the following calculation

assumptions:

- Speeds are calculated in a tube in the cryogenic shield.

- The calculated pressure loss takes account of the
cryogenic shield and 60 m of a DN 100 line.

- The flow is adjusted to give a difference equal to 6-C
at the shield terminals. For example, the calculation
may be made on an area with a satellite power of _
3000 W (severe case).

T Flow v Rho h Press Plan | mLN2
®K | kefs) § @) | (kg/m | (Wim | ure W) | kgfs)
Shiel 3 2/K) loss

d mbars

100 0.451) 4.7 1.01 %07.4 40.92°F 527 0.017

150 0.473] 7.61 4.54 élS.O 69.69 1 1451 ] 0.017

200 0.477 1 10,321 3.38 %—26.3 9373} 2703 | 0.018

260 0.479] 14.017] 2.5 %33.4 §30.8 017 1 0.021

300 V.48 15.66 ) 2.24 é37.0 %46.6 6283 | 0.022

Comments:

- The maximum consumption of LN2 is at 300 K.

- The large variation in speed between operation at 100
K and operation at 300 K causes very large differences
in the pressure loss that make the design of the
circulating pump unrealistic at 300 K. .
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Operation at constant density

T P Flow | Rho Y h Pressur | Plan | mL
X (bars | (kgfs | (kg/m3 | (m/s) (W/m2 | eloss W) N2
) ) ) Shigld | /&) mbars gkgls
00 | 3.66 (5).43 12.5 2.54 10557 | 21.33 [ 148 oém
P a— n— — p— 5
150 | 5.49 8.45 12.5 2.60 11647 | 239 176 | 0.01
—— A
200 | 7.33 (7>‘45 125 2.3 125.11 | 24.81 | 1%6 8'300
240 | 879 | 047 | 125 2.16 13243 | 25.32 ] 191 g.o'o—
1 2
300 50.9 2.47 12.5 2.07 13624 | 25.62 | 194 | 0.00
7

Under the same calculation assumptions, the maximum
consumption of LN2 is at 100 K and is 30% lower than
the maximum consumption with operation at constant
pressure.

Note that at 300 K, the consumption is three times less
than with the constant density operating mode.

The following comments are applicable for
approximately the same temperature uniformity on the
regulated plates (difference of 1% on the convection
exchange coefficient between operation at constant
pressure and operation at constant density):

The fact of working at constant density introduces a
slight speed variation in the shields and pressure losses
five times lower than with operation at constant
pressure, which means that the effective fan power can
be much lower.

Secondly, in order to limit the speed in shields, and
therefore pressure losses, and therefore the fan power and
consequently the consumption of LN2, the GN2 circuit
needs to be pressurized as high as possible (highest
possible density, while keeping a working pressure of
less than 12 bars in the circuit).

Selected operating mode

Therefore, the selected solution will be based on a
thermal generator operating at constant density. The
proposed solution is achieved using an LN2/GN2
exchanger (vaporization of liquid nit