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INTRODUCTION OF CONGRESSMAN GEORGE MILLER 

L. E. Root 
President 

Institute of the Aerospace Sciences 

'l'onight 's m.ain speaker is one of the key men 
in the U. s. spa,ce effort . There is almost no one 
of us here tonig:ht, whose professional activities 
will not be affe,:ted in some way by the work of 
Congressman Geor~e Miller, Chairman of the Standing 
Committee on Sci,ence and Astronautics of the U. S. 
:{ouse of Represe1ntati ves. 

I think it ,can be said without exaggeration 
that we are fortunate to have "one of our own" 
profession in this key spot in the national legis­
lative branch. iConizressman Miller is one of the 
few engineers in Congress. In fact, he is credited 
with needling his fellow Congressmen, most of them 
lawyers, with the comment: "You peoole al 1 think 
in circles . I am one of the few guys around here 
who has been trained to think in straight lines . " 
And it seems clear enough that a technical back­
ground is very useful in framing legislation for the 
soace effort. 

Our speaker also has a long standing interest 
in science and technical subjects . He has long 
served on the House Armed Services Committee. And 
with the creatio.n of the Science and Astronautics 
Committee, one of the major committees of the lower 
house, he S'.dtched over to that body. On the death 
of Overton Brooks of Louisiana last September, he 
took over as chairman. 

However , perhaos equally significant was his 
earlier Chairmanship of the House Subcommittee on 
Oceanography. I suppose most of us are aware that, 
like space , the oceans covering 71 per cent of the 
earth's surface offer another frontier and that 
growth of oceanography as a new science and base of 
national power is inevitable. 

One observer comments that George Miller has 
done more for oceano~aphy than any man in Congrdss 
and this says a good deal about his scientific 
awareness. Our speaker has also broken the sound 
barrier seven years ago in a navy fighter men 
frankly he has damn well old enough to know better . 
Personally, he is characterized by an easy- ~ing, 
story- telling manner and a quick, perceptive ana­
lytical mind. T'he book Californians in Congress 
says of him that he makes no effort to obtain 
personal publicity, that he is highly regarded in 
his District of Alameda County, as attested by a 
long series of sweeping electoral victories. The 
same book adds that he is esteemed as a practical 
politician and a hard worker. 

According t,o a good many people, George Miller 
seems best characterized by the law of conservation 
of energy, or the most results for the least ex­
penditure of resources. In election campaigns, he 
employs no election headquarters, no large bill 
boards. He does call on a lar1;e cadre of friends, 
including people from both parties. He has a deadly 
efficient post card system, and relies on the long 
memories of a gr,eat many constituents, of good 
personal efforts in their behalf by their man in 
Washington. He disolays similar quiet efficiency 
in other areas . 
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Our speaker was born in San Francisco, son of 
the captain of a Sacramento river dredger . He has 
a civil engineerin~ dei,ree from the San Francisco 
Ray Area's St. !-lary's College. He has beien a civil 
en!;ineer, travel agent, fish and game official. He 
was a First Lieutenant of Artillery in World War I , 
and in the F1reat depression of the JO's was forced 
onto the WPA and out in some time as a st,reet 
sweeper--a job which put him in contact with a lot 
of people in his home county, and also into oolitics 
where he was elected to the State Legislature in 
1937. He has served l's years in Conj!Tess and has 
pursued a moderate liberal line with a continuing 
stronp interest in committee work. He is the senior 
member from Northern California. He like1s to take 
j aunts in the WashinP,ton countryside and to hike in 
the wilderness areas of our Sierra Nevadn Range. 

In 1927, he married the former F.stheir Perkins, 
who had come from Nebraska to head personnel oper­
ations i n a San Francisco department store. He 
likes to say jokingly of her that she's the "real 
sizer-up of people" and politician in tlw family. 
Though the facts suggest that CongresS!!ian Miller 
personally swings a highly effective if not obvious 
political stick. He has one daughter and t wo grand­
children. 

Finally, Space Committee Chairman Mi.ller is on 
record as acceoting the race to the moon as inevi­
table and necessary. But he feels the scientific 
results are at least as important as the race itself, 
a view that I believe will find little quarrel i n 
this audience . He stresses he chairs tho Science 
and Astronautics Committee , in that order, and so he 
strongly supports the Pureau of Standard~, and the 
National Science Foundation, as both dire,ctly sus­
tain the total national scientific capabi.lity. In 
back- home speeches, he stresses quality scienti fie 
education and equally hard the gao in production of 
engineers, and the critical role of the e,ngineer ini; 
professions in over- all national power. 

I believe it can be said that as a Congressman, 
George Miller has represented the enginee!ri.ne; field, 
as well as his constituents, in the way we would most 
of us expect to see it represented by a c:ompetent 
professional. 

It is said that one of the axioms of the adver­
tising business is that "a smart dime can never beat 
a dumb dollar. " In the space business, I think, we 
have been proving this axiom wrong a good part of the 
time. Our smart, cleverly- instrumented, small- pa,y­
load dimes have often made a good showing, They have 
f'requently won out over the bige;er, relatively dumber 
payloads of the competition in the u.s.s. R. 

Nonetheless, in general, it seems that the rule 
hol ds good. It is sti 11 better to get there first 
with "the mostest. 11 

And our guest tonight is a man who has a key 
Part in seeing that in space we do--- here is to­
nii;ht ' s Speaker, The Honorable Chairman C~orge P. 
Miller. 



Banquet Speech 

THE NEW ERA OF EXPLORATION 

by 

The Honorable George Miller 

The ConP,ress of the United States of America 

Today you have heard reviews of all of our 
manned space p:rograms - the X- lS, Project Mercury, 
Project DynaSo.ar, Project Gemini, and Project Apollo. 
You have also 'heard the carefully chosen remarks of 
Mr. D. Brainerd Holmes, Director of the National 
Aeronautics and Space A<miinistration ' s Manned Space 
flight Program. You have heard a detailed report on 
Project Mercur.y which reveals the enormous progress 
this remarkable pr ogram has made in the J½ years 
since its ince•ption. 

I am sure that, like myself, you are impressed 
with the scope of these programs and the progress 
which is being made . I am proud to- have had a close 
association wi:th these programs as a member and 
Chairman of the House Committee on Science and 
Astronautics. I am sure you wi 11 agree with me that 
the Committee has been one of the most faithful 5UP­
porters of the Manned Space F1.ight Programs. 

However great the progress we have made to 
date, it is a mere first step in the journey we have 
before us. Man is going to explore space just as 
surely as we meet here tonight. 

The obser-vation has been made that nations are 
either dynamic and grow, or they stagnate and f ade 
away, I am pr·oud that this nation has made the de­
cision to pusht its frontiers forward. We are t aking 
steps to grow and to lead t he world by the example 
of our vigor. If we, the wealthiest nation on earth, 
had failed t o accept th! challenge of space explo­
ration, and allowed this initiative to fall , by de­
fault, to a mo,re vigorous nation, our stagnation as 
a nation 'WOuldl have begun. 

I am pr ottd that this nation has conrnitted it­
self so strongl y to t he task. We are privilei?ed to 
be part of thi.s effort. But we, both as a nation 
and as individuals, must give of our best to 
accomplish the, formidable tasks we have undertaken, 

Consider our space programs against the his­
torical background of the period of about 1500 AD. 
At that time, Europeans knew only dimly of the vast 
land area of Jlsia and absolutely nothinp; of the 
American conttnents, It was the aee of great 
adventure and exploration, Columbus and Magellan had 
the foresight to conceive plans for voyages which, 
in a brief period of years, literally changed wor ld 
history. 

The voyages of C:olumbus and Magellan extended 
man's vision as few voyages in history have - before 
or since. The world was never the same ae;ain. Man 
raised his ey1is above the horizon and was fascinated 
and drawn toward what he envisioned. I am convinced 
that Space Flilght has again raised man's eyes . We 
are embarked on a series of voyages across distances 
incomparably irar. 

Many scil!nces will oontribute to this new 
exploration. Most of you are well aware of the 
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magnitude of the number of sciences whlch must be 
utilized. Nevertheless, I 'WOUld empha~1ize that all 
scientific disciplines available today must be 
harnessed and make their contributions in order to 
successfull y conclude the voyages which we have 
planned, Th_is is truq a monumental task and will 
call for the best efforts not only froTI~ all of us, 
but also from the free 'WOrld. 

The United States has found that 11cientist s 
all over the world are eager to associate themselves 
with .American space efforts. This overseas effort 
among oountries allied with the Western world will 
become more aoo more important as Europe ( and Asia 
to a lesser degree) masses its own resources in the 
tremendous endeavor which is now under,;ay to probe 
space. 

Western Europe took a decisive stllp early in 
1962 to become an active participant on its own in 
space development and exploration. It established 
the European Space Research Or ganization, ESRO. 
Twelve nations will be included in the organizati on 
and each will oontribute to the space research 
budget according to its participation and caoacity. 
ESR0 1s plans call for a first year budget of around 
~15 million, increasing to a minimum of $SO million 
within five years . It i .s expected tha1; ESRO will 
emphasize purely scientific research, beginning 
first with s:>unding rockets. Within f <>ur years, it 
is anticipated that it will supplement this program 
with earth satellites, space probes, a.stronomical 
satellites, and lunar satellites. App:roximately 
800 people will be involved, p lus an additional 150 
for tracking, telemetry, data reductio1n, etc. 

Four nations--the United Kingdom, Italy, West 
Germany and France--have also signed a·n agreement 
formally establishing the European Spaoe Launcher 
Development Organization. The agreement will re­
main open until April JO for the signature of other 
nations and i t is expected that Australia, Denmar k , 
Belgium, the Netherlands, Spain, and perhaps Sweden, 
Switzerland arrl Norway , will join. 

This organization, known as ELOO, will seek to 
develop a three- staRe sat ellite booster. The 
launching vehicle will be composed, according to 
present olans, of the British Blue Streak rocket 
for th! fir st stae;e, t he French Veronique as the 
second stage, and the West German third stage, '!'he 
goal is the development of the launcher in time t o 
boost a satel lite into orbit from Woomera in 1965. 
It is estimated that the pro~arn will cost aoproxi­
mately ~200 million over the next five years, with 
Rngland furnishing a third. 

Besides this cooperative effort on the oart of 
Western F:urope and Australia, various European 
nations are goi ng into sizeable space programs of 
their own. The United Kingdom, for on1e, has es ­
tablished a National Committee for Spa1oe Research, 
which has been placed i n charge of the program. 



The UK program involves payload work beinr. done at 
the, Edinburgh "loyal Observatory, the University of 
London, and the Royal Aircraft Establishment at 
Farnborqugh. In addition, there will be launchings 
at Woomera and at Aberporth, England. 

I n France , a National Center for Space Studies 
has been created, to function di.rectly under the 
Pril1le Minister , but to be administered by Civilian 
Scientists . W,estern Germany is reported also to be 
launching its own space research program, 

European space research experts, both on a 
collective and individual nation basis, appear 
anxious to keep in touch "'11. th the American space 
program in ord,er to avoid duplication of ~rk as 
well as keep uJp to date on the results of our 
programs . 

The inter:national aspects of the program are 
strong from the United States' point of view, 
Existing agreel'nents which call for the launching of 
joint satellit,es and for mutual aid in tracking, 
communications and otherfacets of the space effort, 
will probably !have to be widened and implemented, 
Simple geography is likely to demand this in the 
more sophistic,a.ted future soace programs , A good 
example is the use of the Jodrell Bank radio- tele­
scope in Brita:Ln, which both American and Russian 
Scientists hav,e used from time to time . 

No discus,sion of the International aspects of 
space coooerat:ion would be complete without mention 
of the various educational programs in which NASA is 
engaged, In the case of distinguished foreign 
scientists, it is clear that they can made immediate 
contributions ·to experimental space research, 
Indeed, the le;ading research in a number of f1 elds 
was initiated ,abroad, But there is also a need to 
train younger :scientists, since space research by 
means of instrl!l.mented satellites is only now 
beginning in most countries abroad, 

For carefully selected, recognized senior 
scientists, tht, United States has established a 
postdoctoral a:3sociateship program that provides 
opoortunities to work on either theory or experi ­
ments at NASA centers. Twenty- nine foreign nation­
als from 13 countries have participated in this 
program to dat1~. Consis tent with their senior 
status, liberal one- year stipends are provided par­
ticipants by NASA through the National Academy of 
Science, which administers the program. 

for yoW1gt~r scientists, NASA conducts three 
training programs . Foreign graduate students 
soonsored by their space committees or national 
research councils may be nominated for fellowships 
for periods of one to two years in American Uni­
versity laboratories carrying out soace- related 
projects , The sponsoring agency abroad provides 
transocean travel and subsistence in this country 
while NASA, through the National Academy of Sciences, 
provides university costs and domestic travel. This 
program is exo1~cted to accommodate up to 100 graduate 
students per year at 25 to 30 universities beginning 
this coming fall , It may also be utilized to support 
extended visit:; by American W1i versi ty professors to 
lecture to appropriate groups of graduate students 
ahroad , 

On-the- job orientation and instruction of 
foreign technicians and scientists are also pro­
vided for varylng oeriods at NASA laboratories and 
at the launching station at Wallops Island, Virginia, 
on a non- fW1decl basis, Finally, increased partici-
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pation in the operation of NASA I s Rlobal network is 
~ncouraged through a training program under the di­
rection of NASA Is Goddard Space Flight, Center at 
Greenbelt, Ma:ryland, 

NASA believes that these orograms1 have stimu­
lated str ong interest abroad in space research and 
development , National space committee,s have been 
or ganized in nearly two dozen oountrie,s . The 
prospect of United States assistance for space 
research has been of great i.Jnportance to nations in 
the earJ.y stages . 

Every- effort is being made so thsLt the civil­
ian s pace program of t~ United State~, reduces 
rather than increases the technologic~1l gap in the 
Western world, This has the greatest long- range 
implications for the economic wel l-betng and the 
securit y of the free nations. 

What will be the tangible benefit s to mankind 
from these space programs we have urrlE,rtaken? The 
exact benefits are hard to determine ~1t the start 
of the voyage, Will the earth e stabltsh colonies 
on other planets? It obviously ia toe, early to 
answer this question; however, I can visualize with 
some clarity some of the benefits .mic:h a:re typical 
of those we r easonably can expect. 

As a first example, I point to the develop­
ments in the field of utilizing algae as an inex­
pensive arrl rapid method of providing a constant 
supply of very nutritious food: The developments, 
aimed at providing !bod for space crews on long 
trips, appear adaptable to use in providing food 
for the over- Populated and under- developed nations 
of the earth. · It might be that the algae tank 
could become as important to a family as the garden 
plot is to day. 

As a second example, I point out that tod~y, 
in order to manufacture some of the cc,mponents 
which are used in spacecraft, rooms of extreme 
cleanliness (or "white rooms") must bEi used, The 
same techniques of removing dust and dirt from 
these rooms are adaptable to the removable of germs 
as well. Thus, it is reasonable that our hospital 
operating rooms, and other rooms as WEtll, could be 
made almost completely germless. Thlli31 1 the chances 
of infection during 31rgery would be decreased and 
recovery from illnesses wuld be irereiased. 

All of you who followed John Glenn's flight 
are aware that his pulse rate, heart c,ondition, 
respiration rate and blood oressure we,re constantly 
telemetered back to earth. Variatiom1 of this tech­
nique are already in use for more rout.ine medical 
purposes today, 

It is oossible that, in the future , nersons 
suspected of heart trouble or key per~ionnel of the 
nation will carry w1 th them micro-mini.aturized in­
strumentation which will radio back tc1 a c~ntral 
medical facility constant information on their 
physical condition, Automatic equiome,nt at the 
central facility would 'constantly moni.tor the read­
in~s coming in and sound an alarm at t.he first sii>n 
of an abnormality. Thus, the first si.gn of a "bad" 
heart would be instantly detected, andl medical at­
tention provided, 

The development of space suits, ~,ith oro­
visions for not only countering the extremes of 
the high arrl low temperatures -which will be 



encountered on tr~ moon, but which will provide 
constant communic:ations, is proceeding on schedule . 
This development could lead to tre availability of 
lightweight and c:omfortable "air - conditioned" 
clothing suitable, for year- round use here on earth, 
Constant communic:ations could be maintained with 
one 's office, al though this is looked upon as a 
mixed blessing. 

One of the most perplexing problems of space 
flight is that of waste disposal . However, de­
velopments to date indicate that this problem will 
not be too diffic:ult to solve , The solution shows 
promise of being adaptable to tre drastic reduction 
of the pollution of our rivers and streams, and may 
eventually lead to the elimination of costly com­
munity sewage di~1posal sys terns. 

All of us are thoroughly familiar with the 
evolution of the aircraft seat belt or saf ety belt, 
and its adaption to automobile use. The contour 
couches being used today for acceleration and vibra­
tion attenuating devices appear equally useful and 
adaptable for use, for both military and civilian 
purposes in a number of modes of transportation. 

This list cc,uld RO on and on - new fuels, new 
metal fabrication techniques, fuel eel ls, high­
temperature glasfies, all of these developments will 
be accelerated, As has been wisely said - the funds 
we will expend for our space exploration programs 
will be spent here on earth , md not in space , The 
entire nation will benefit in a material manner, 
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To receive these rewards as we push our fron­
tiers beyond what we haa literally not conceived 
several years ago will require a maximum degree of 
cooperation. All Government agencies mus1t share 
their technical developments and information 
learned in tests and flights . I am very gratified 
at the efforts which have teen made to dtstribute 
the information gathered in Project Mercury, 

I am equally pleased to see the cooperation of 
NASA and the Department of Defense . Thiii free 
interchange of plans, developments, and t;est re­
sults will allow each Agency to carry out its indi­
vidually assigned responsibilities, utiltzing what 
has been learned by both . 

Because of the extremely high cost of space 
activity, particular attention must be p,dd to the 
elimination of unnecessary duplication. However, 
because the proe;ram is of sue h significance to the 
nation, it must be pushed vi gorously. 

I n conclusion, let me say that I see th:! world 
on the verge of an extension of our frontiers which 
will match or s ucceed any expansion ever exoerienced 
before . We must proceed vigorously with our space 
progrclllis both as a hallmark of tre v:i.P,or of our 
nation and to accelerate our nati onal growth. We 
must reap the benefits from th:! se pro r,rams arrl the 
technology which made them possible and dis t ribute 
these benefits throughout tre Free World.. As our 
great President has so well stated, "We have a long 
way to go in this space race . We started late. 
But this is the new ocean, and I believe the United 
States must sail on it arrl be in a posi ti on second 
to none." 



Luncheon Speech 

ORGANIZ]]IG FOR THE CONQUEST OF SPACE 

Delivered for 

D. Brainerd Holmes 
Director, Office of Manned Space Fliwrr, 

National Aeronautics and Space Administration 

By 

George M. Low 
Director, Spacecr aft and Flip,ht Missions 

Office of Manned Space Flight, NASA 

Mr. Holmes has asked roo to express his sin­
cere regrets for being unable to be with you today 
to deliver this address . Unfortunately, there was 
a last minute change in the schedule for o,ur 
Congressional Hearings and Ytr . Holmes had to stay 
in Washington t o testify before the House Appro­
priations Committee. 

Today I will not talk about our manne•d s pace 
flight program, about ?rojects Mercury, Gemini arid 
Apollo, since these suhjects are thorouizhl.y cover ed 
in the technical presentations to this Comference . 
Inst~ad, I ;nll discuss the organizational struc­
ture we are creating in musterinP, the efforts of 
this Nation for the great task which lies ahead , 

It is unfortunate that some seem to r·epa"rd our 
current lunar program am the oroprams bey·ond as 
stunts. Nothing could be farther from the truth; 
on the contrary , we are firmly convinced that. .ie 
are embarked upon a venture .ih ich hol<ls very deeo 
significance for the future of this Country in 
man's endless search for knowledge . 

We can ill- afford to allow any misconceotions 
as to our program, or any thoughts that the 
program smacks of the theatrical, to persist. I t 
is up to all of us to help dispel any such errone­
ous views since we need the wholehearted support of 
the entire country if we are to accomplish our 
mission. 

The need for this support is, I believe, o:,m­
pletely understandable since NASA is faced with one 
of the most complex engi.neerin g tasks ever under­
taken by man. The number of Americans who will be 
directly involved in tilis program will be measured 
in the hundreds of thousands, and the number of 
industrial organizations in tile many thousands . 
In addition, there will be participation by 
countless universities and research organi zati. ons. 
If we do not execute this effort with efficiency, 
it can cost our country dearly. At worzt, it miP,ht 
cost us the mission's success, along with a seri ­
ous set-back in national pr estige, a loss of knowl­
edge, and a loss of international leadership, At 
the least, it would cost us thousands of man-years 
of the Nation 's best technical talent and literallv 
billi ons of dollars in this decade . · 

Why do we want to go to the moon? I've t ried 
to su1rnest an answer to tila t question . A p r o,ram 
designed to land a man on the moon and bring him 
back to earth, will focus our scientific ~nd 
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technical talents on a task that is exceedingly 
br oad in scone and high in complexity. By its very 
nature, it w:i. 11 lead to a general advancement in 
technology that has heretofore seldom been equalled . 
This advancement will, of course, lead to progress 
in all fields . The manned lunar landing program is 
thus providing the catalyst and the tonic for new 
advantures of the mind am spirit, Our Nation 
squarely faced this great technological challenge 
last ~!a;y when the President said, 111 believe that 
the Nation should commit itself to achieving the 
;,-oal., before the decade is out, o f landing a man on 
the moon and returning him safely to earth. 11 

I will, for tl'P. remainder of my timP _. discuss 
the organization of NASA and, more particularly, 
thP. orpanizati. on of the office of Manned Space 
r.'J.ipht , which has been established to direct our 
efforts to establish man's proficiency in ooeratiniz 
in so ace, includine; a round triu to the moon within 
this decade . 

P:i.rst, then, let me outline vecy hriefly the 
thinking behind NASA 1s over- all organization as 1t 
relates to the o:rice of Manned Scace Flight . 

No new denartment or a2ency in the recent 
history ot the Executive Branch of the Federal 
Government was created through the tras1;"er of as 
many units from other departments and agencies as 
i n the case of NASA. Three a.~d one- half years ago, 
NASA did not exist. Today NASA comorises aoDroxi­
matel y 20, 500 enployee s , ten ma,➔or fie 1 d centers, 
and a proposed budget for TT 196) of nearly ~3.8 
billion. 

From a purely organizational and manaeerial 
point of view, it might have been mudc easier to 
create an entirely ne ~ dena rt'ment or :ig,.nc.v to 
handle the Nation 's civilian soace orograM. This 
possibility, l understand, was exoln-:-ed ar,d !"e­
~ected bcca·1se of the time recpireo to recrnit and 
organize the technical and scientific talent re­
quired. 

Tnst<?ad, therefore, NASA has been orf!;ir ··.zed by 
meldin~ together a number of existing agencies and 
parts thereof. The research centers of the NACA 
fonned the nucleus of the new organization. They 
were soon .•oined by a grouo from the Navai. qesearch 
Cen-i;er, and later on by the Jet 0 ropulision labora­
tory and by the Marshall Soace F1.ipht Center in 
Huntsville. 

J 



Our current concept of organizatiorn and 
management i.i thin NASA is based upon the, establish­
ment of Program .Jffices charged with the responsi­
bility of prowam direction utilizing the skills 
and efforts of the various NASA Centers . The en­
tire effort is then oulled tDgether hy a central 
general ma!'lagement organization, Such ain ar­
rangement permits top level foc us on the, "program 
problems'' while retai ning the con tinuit:r of re­
porting, growth, and control of the skill centers. 

The primary responsibility for each, of NASA rs 
four major programs - Mamed Space Flight, Space 
Sciences, Applications, and Advanced Research and 
Technology - is assiP,red to a specific Program 
Office , The director of a program offic,e is the 
principal advisor to the Associate Administrator 
in rer,ard to his pro gram area, He is also the 
principal operating official in regard t ,o manage­
ment of his assigned program, His offfoe directs 
the program by working directly with the, Center 
directors and their project and systems managers , 
In addition to randling such matters ·as budgeting 
and pr ogramming of funds arrl establishing and 
issuing technical guidelines am schedules, each 
o:rogram director is also responsible for providing 
continuing leadership in external and interagency 
rel ationshios related to his assigned program. 

The Center directors are res;>onsible to the 
Associate Administrator for their skill centers, 
but to the Program directors for their !!fforts 
oerformed on the various programs they are under­
taking. 

Now I would like to turn f rom tre over-all 
NASA organization to the management channels and 
techniques we have established within the Office 
of Manned Space Flight. 

We are firmly convinced that the w1orece­
dented challenge we are f acing in the management 
of all of the diverse elements required for the 
success of our mission calls for meticulous 
olanning, careful organization, and immi~diate 
resoonsiveness . 

I am not suggesting that management problems 
of this kind have never been faced before. They 
have. They are faced frequently by r..ovi~rnment and 
industry, but on a scale not usually so sweeping. 
Neither am I suggesting that the organi•zation we 
have devel oped to meet the problems i s 1Ll!lique , On 
the contrary, we have borrowed liberall:r from our 
knowledge of Government and industry organizations . 

It was in the light of th is backP'round and 
experience , and after considerable disc1.1ssion and 
soul- searching within NASA, that the Pr<Jgram Office 
of Manned Space F'light was organized . This organ­
ization has been designed so trat each of t ~ im­
portant functional operating areas, part,icularly at 
the Manned Spacecraft Center in Houston , the 
Marshall Space Flight Center in Huntsvi1le, and the 
Launch Operations Center at Cape Canave:ral, has a 
correspondinP, home in the Program Offic,e. 

As a part of this Program Office, ,a basic 
Systems Engineering organization has be,en created 
and is being staffed . This organizatio·n will be 
composed of scientists md highly-skill,ed engi­
neers, ohysicists, and matil ematicians who wi 11 
analyze the various missions, systeMs, and equio­
ments which are being consid'clred for th!~ manned 
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soace flight endeavor , 

It i s our firm conviction that such a Systems 
office is vital. We are also convinced that the 
basic s:rstens engineering decisions related to the 
mission approach must be retained i.ithin NASA, and 
exercised by emnloyees of NASA. It would be de­
sirable if we wer e able to find the total number 
of scientific and engineering personnel to supoort 
these key people, and employ them directly within 
the organization. This prosoect, however, was 
carefully considered, am it was concluded that it 
could not possibl,y be achieved within the required 
time scale. Consequently, we have recently ente red 
into a contractual arrangement under which the nec­
essary personnel can be supplied and their know­
led~e and assistance used by the key peopl e within 
the Systems Engineer ing organization in formulating 
their decisions and recommendations. 

The contractor sel ected for this task is 
called BELLCOMM, a corporation owned jointly by 
AT&:r and Western Electric Corporation . 

BELLCOMM will provide an organization which 
can lend adequate suoport in developing the factual 
basis reauired to make the wide r ange of Systems 
Engineering decisions necessary, For examole, we 
will draw upon this group for such things as stud­
ies of mission objectives and methods by which they 
can be achieved; and for trade-off studies to pro­
vide data required t o reach management decisions on 
technical problems. 

I have gone into some detail with regard to 
the conceot under which we will draw upon con­
tractor suooort in this instance, I think it i s 
imoortant to do this since this facet of our Sys­
tems ~ngineering operation is illustrative not only 
of our approach to the specific problems, but also 
of our basic management philosophy; that is, final 
broad management control and decision-making to be 
exercised by Government personnel, 

In addition t o the Systems Engineering organ­
ization, the Office of Manned Space Flight has a 
project management directorate for each major area 
of endeavor, including Aerospace Medicine , Space­
craft and Flight Missions, Launch Vehicles and Pro­
pulsion, Integration and Checkout, and Program Re­
view and Resources Management . 

The directorates of Spacecraft and Flight Mis­
sions and of Launch Vehicles and Propulsion are 
most closely associated with the two field centers 
responsible for t~e spacecraft and launch vehicle 
devel opment: The Manned Spacecraft Center in 
Houston, Texas, and the Marshall Space Flight Cen­
ter in Huntsville , Alabama, 

The directorate of Aerospace Medicine will 
concentrate its efforts on the knowledge required 
for manned space f l ip.ht missions; it has no resnon­
sibility for bioastronautics research that is not 
directly in support of the manned soace f light pro­
gram, 

The Integration and Checkout directorate i.ill 
have the over~all responsibility for the integrateo 
check-out of the spacecraft- launch vehicle combina­
tion. Responsibility for check-out equipment for 
the soacecraft by itself, and for the launch vehi­
cle by itself, will rest with our spacecraft and 
launch vehicle contractors . However, in order to 



meet our mission objectives 1'!!.thout undue delay, we 
will require a major effort at the launch s ite ; 
there we will have to utili ze new techniques, dif­
ferent from those in current practice. For examole , 
we plan to assemble the spacecraft and launch vehi­
cle in a building remote from the launch pad . There , 
under controlled atmosphere conditions , several com­
plete space vehicles can be assembled, checked and 
tested. The entire vehicle will then be moved, ver­
tically, to the launch pad . The actual time spent 
on the pad should be quite small. 

During the time in the vertical assembly 
building, on the way to the pad, and on the pad, 
the space vehicle will undergo a continuous high 
speed check-out. The plans for this integrated 
check-out, and the provision of the check-out 
equipment, will be the responsibility of the direc­
torate of Integration and Checkout, assiste.d by its 
contractor, the General Electric Company. 

The sixth directorate, Program Review and Re­
sources Management, is tre administrative aLI'ln of 
the Office of Manned Space Flight. 

Most of the contracting for the Manned! Space 
Flight Program is being carried on by two J11ajor 
centers of the NASA organization. These are the 
Manned Spacecraft Center and the Marshall Space 
Flight Center . These centers will contract, with 
many industrial organizations and will serv·e to in­
tegrate the efforts of these companies. The third 
NASA center, 'Which provides very major support to 
the Office of Manned Space Flight, is the Launch 
Operations Center at Cape Canaveral. The :l.ntegra­
tion of all center efforts will be cbne by close 
coordination with the program directorates of the 
Office of Manned Space Flight. 

The general management of the Manned Space 
Flight Program is carried out by the Manned Space 
Flight Management Council . This C:mncil ie1 chaired 
by Mr. Holmes, the Director of Manned Space, Flight. 
Its members are the Systems Engineering and Program 
Directors, Drs . Shea and Roadman and Messr~, . Rosen, 
Sloan, Lilly and myself; the Director and Deputy 
Director of the Manned Spacecraft Center,Mr.Gilruth 
and Mr. Williams; the Director and Deputy Director 
of the Marshall Space Flight Center, Dr. vo,n Braun 
and Dr. Rees; and the Director of the Launc:h Oper­
ations Center at Cape Canaveral, Dr. Debus., Here, 
then, are the men within Government who bear the 
specific responsibilities for carrying out this 
Nation's effort in manned space exploration . It is 
they who establish the detailed policies and tech­
nical approaches to carry out our program. To­
gether, they comprise the "Board of Directors" for 
the manned space flight effort. 

The organization I have described is now in 
being; and the Management Council last week held 
its fourth monthly meeting. Here are some of the 
other recent accomplishments: 

We have acquired a 1600 acre si tE, in 
Houston, Texas, and have started construction on 
the Manned Spacecraft Center. 

We have initiated the Gemini prog·ram as a 
prelude to Apollo, by awarding a contract for tre 
two- man Gemini spacecraft to McD~nnell Aircraft 
Corporation; ano oy working out detailed ar·range­
ments for the Titan II and the Atlas-Agena launch 
vehicles for Gemini with the Air Force . 
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We have con tr acted 'With North American 
Aviation, Inc. , to d~sign, develop and construct 
the three -man Apollo spacecraft which is to land 
men on the moon. 

We have acquired the giant Michoud Plant 
at New Orleans, Louisiana, and are converting its 
1. 8 million square feet of manufacturing space into 
the largest vehicle assembly area in the United 
States . The Saturn, Advanced Saturn and Nova vehi­
cles will be assembled at Michoud. 

Forty miles from Michoud, on the Pearl 
River in Mississippi, we are obtaining rights to 
140, 000 acres of land which will be called the 
Mississippi Test Facility. In this sparsely set­
tled area we plan to construct captive tests stands 
'Where we 1'!!.11 test- fire stages of Saturn, Advanced 
Saturn and Nova. 

The ChT'Jsler Corporation is now under con­
tract to NASA for the production of Saturn first 
stages at Michoud. 

The second stage of Saturn has been in de­
velopment for over a year at tre Douglas Aircraft 
Company, 'Which will also produce the third stage of 
the Advanced Saturn. 

We are negotiating a contract with the 
Boeing Company to produce at Michoud the first stage 
of the Advanced Saturn launch vehicle . 

A contract for the second stage of Ad­
vanced Saturn is being negotiated with North 
American Aviation, Inc. 

The giant F-1 engine for the Nova first 
sta~e has been under contract for several years. A 
contract for the Nova second stage engine, the M-1 
hydrogen-o,;ygen engine is now being negotiated. 

Through our a,i;ent, the n. s. Army Corps of 
Engineers, we are acquiring 73,000 acres alonr the 
Florida coast and adjacent to existinp Cape 
Canaveral launching facilities. On this vast area, 
five times the present size of Cape Canaveral, con­
struction will soon start on the lar17est launch 
sites in the free world. 

We are also establishing close ties with the 
Air Force, the Navy, arrl the Army, whose assistance 
is vital to the accomplishment of our mission. A 
formal means for coordinating our efforts with the 
Air Force is currently being established with the 
Air Force Systems Command. Our mutual interests 
involve a number of important areas including pro­
curement and contractor relationships; construction; 
technical support of the manned space flight efforts 
of NASA by the Air Force, and vice versa; the Atlan­
tic Missile Range Operations; global communications 
and instrumentation; and, perhaps the most important 
item of all, the continuous interchange of informa­
tion concerning our space efforts arrl studies . These 
matters have become sufficiently numerous and imoor­
tant to require more formalized ~rking relation­
ships than previously were needed if we are to pro­
ceed to ..ork together int~~ most effective manner . 

Let me conclude by reiterating a few of our 
basic concepts. We believe that -we must obtain the 
very best efforts of the very best people we can 
find, both in Government and industry, if we are to 
achieve our National goal. We believe that our 



organizational concepts and management techniques 
must be no less excellent than our technical ef­
forts . We believe that with oonstant attention to 
these concepts , and with th!J hard work .and dedica-
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tion of the people involved, we will be able to 
carry out our responsibility to our Country to be 
second to none in man's conquest of space . 



Luncheor. Speech 

THE MILITARY CONTRIBUTION TO SPACE EXPLORATION 

General B. A, Schriever 
Commander, Air Force Systems Command 

It is a 1real pleasure to be with you today. I 
think it is v,~ry significant that the IAS and NA.SA 
are holding a national meeting on manned space 
flight . Only a few years ago, such a meeting would 
have been a highly theoretical gathering. It would 
have attracted very little public attention--except 
perhaps some ridicule . The fact that the situation 
is different ·today, is a sign not only of increased 
inter est in space, but of concrete scientific and 
technical pr o1~ress. 

Recently I was reminded again of the startling 
progress that has been made. Winners from a high 
school science fair were invited to show their dis­
plays in my h13adquarters at Andrews. Two of our 
offi cers watched spellbound as one o!' the students 
put his gadge·~ through its paces. The student I s 
explanati on g:rew more and more complex, till one of 
the officers turned to the other and whispered : 
"Very impress:ive--but what's he talki nr, about ?11 

In science and technology we have come so far 
and so fast tlnat our children today are familiar 
with concepts that we could not imagine when we 
were their ag,3- - or even just a few years ago . There 
is even a tendency to take for granted much of 
man ' s progress in space . But that progress, as 
this audience well knows, has not been automatic ; 
it has been the product of imagination , teamwork, 
and sustained effort . 

This aft,ernoon I want to dis cuss with you the 
military cont:ribution toward man ' s orop-ress in the 
conquest of space . In lookin<> at the nature and 
extent of the military contribution, we may be able 
to make a few useful predictions about the course 
of fu~ure spaice developments . At the same time we 
may notice in-teresting facts about the American 
attitude toward technology . 

'.'le have long taken pride in beinP.' a very prac­
tical people. Until comparatively recent years, 
this attitude was responsible for a marked neglect 
of basic scieintific research. On the other hand, 
it has stimul.ated a .fantastic rate of technical and 
industrial gr,:,wth . Our basic preoccupation has 
been with the aoplication of knowledp-e , rather than 
knowledve for its own sake . 

This concentration on the immediate benefits 
of research and invention has paid off well. It 
has given us the highest standard of living in the 
world, built ,:,n a powerful industrial base . Rut 
there is another side to the coin . In our concen­
tration on o~r interests we have often forgott"Tl to 
look at what ,Jther nations were doing. 

The resu'lt has been a curious oaradox: Ameri­
cans discoveried two of the most outstanding inven­
tions of this century--the airnlane and the liquid­
fueled rocket . Yet in neither case did we realize 
their signifi,cance to our national securit:r until 
after other n.ations had turned them to military 
purposes and directed them against us and our 
allies . 

During i/orld War I , American airmen flew 
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1;allantl.y in combat- -but the planes they flew were 
designed in Europe. 

After World War II we made detailed studies of 
cabtured V- 2 rockets--but the basic orincioles had 
been demonstrated by Robert ,,oddard in. the 1920 1 s . 
Goddard ' s work was largely neglected in this coun­
try , but during the 19201 s and 1930 1s both the Ger ­
mans and the Russians took his writing:s seriously. 
Both Nazi Germany and Soviet Russia sa.w the possi­
bility that the rocket might give themi a decisive 
breakthrough in weapons development . 

Hitler nearly achieved this breakthrough. If 
the V- 2 rocket--which was officially dlesignated the 
"A- l.i"--had been developed a bit earlier, it might 
have led to more powerful and more acc:urate weapons 
that could have inflicted direct dama1?:e on this 
country, At the time of Germany's collapse the "A- 9" 
and "A-10" vehicles--which were designed to reach 
New York- -were already on the drawing boards . 

There is much evidence to sugp,est, that the 
Soviet Union has similar hopes in reg~ird to space. 
This is a new medium for notential military oper a­
tions, and it offers the chance to achieve siimif­
icant technical breakthroughs, In addition to their 
possible military aoolication, space ~,chievements 
are dramatic indications of a nation's: prestige and 
scient ific capabilities, 

The Soviets have long been aware of both the 
power and the orooaganda asoects of sc1ace exolo­
rati on . Much of their scientific and engineering 
effort is devoted to this area, and their space 
shots have been used as arguments for the alleged 
superiority of the Communist system. F'or the Soviet 
leaders, obviously, the conquest of space aopears to 
have great practical value. 

However, from a strictly scientific or commer­
cial point of view, space does not aopear to the 
general public to have much immediate practical 
value. The man in tbe street finds it, hard to visu­
alize the tangible benefits of space exploration- ­
even though there have already been many. 

In thi s country the real public ~,upport for a 
vip,orous soace program did not begin until after the 
first Sputnik. As the Soviets contim:1ed to demon­
strate their space capabilities, our national atti­
tude toward space underwent a change. The nat,ion 
began to acquire the sense of urgency that is re­
flected in the decision to achieve a manned lunar 
landing before 1970. 

I t was an earlier sense of urgenc:y that laid 
the foundation for many of the aspects of our na­
tional soace pro~ram . This came from the realiza­
tion that the Soviets were makinp an a1ll-out effort 
to develon the intercontinental ballistic missile . 
To meet this challenge, the Air Kerce was assigned 
the mission of developinp the ICRM--a task that was 
given ton national pr iority. 

Today ballistic missiles form an important and 
i:(rowinr portion of the nation's deterrent strength. 



In addition, ballistic missile technology has made 
and is continuing to make essential contributions 
to the national space program. Basically, it has 
provided a pool of knowledge and experience that 
can be drawn on as needed . 

In addi tio.n, a number of specific contri bu'­
tions can be id,entified, Space boosters are modi­
fied versions of military rockets, and they are 
launched from military facilities . The Air Force 
is assigned responsibility for range management, 
and in addition 102 Air Force research and develop­
ment officers are now assigned to duty with NASA: 

This does 111ot mean that military and civilian 
technological meeds are identical in space, any 
more than they ,are in other realms, Military sys­
tems have a num1ber of unique requirements, :mch as 
quick reaction ·time, the ability to operate in a 
hostile envirorunent, end the high degree of maneu­
verability need,ed to intercept or avoid noncoopera­
tive objects . 

In space d1evelopment, we w:i.11 undoubtedly find 
the same relati1)nship that has proved true through­
out the history of technology, This is the fact 
that military ~rstems often demand more urgent de­
velopment and h:igher performance requirements than 
their conunercia1 or scientific equivalents. 

This relat:Lonship has been quite evident in 
the evolution o:f modern aircraft. A passenger air­
liner is developed from a bomber or tanker air­
craft- -not the other wa:y around. !~any of the ad­
vances in civil:i.an aviation have stemmed directly 
or indirectly from developments that were first 
required for mi:Litary aircraft , 

I think we can find the same pattern when we 
compare two Proi;rams for maruned orbital flight . 
Mercury, which il s a N.\ SA responsibility, has re­
ceived and cont:Lnues to receive full military 
support . It is clearly a civilian scientific pro­
gram, and the b,illistic re- entry technique would be 
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highly impractical for repeated, routi~e mil itary 
operations. 

Dyna Soar, by contrast, is an Air Force Pro ­
gram and it receives support from NASA, Its chief 
aim is achievement of flexibility in re- entry, 
1mich is primarily a military requirement. Un­
doubtedly the knowledge gained from Dyna Soar may 
have future applications for civilian p·t1rposes, but 
the real reason for the orogram is to t,est conceots 
and sub- systems that may be needed for 1national 
security. 

In today1s -world we cannot afford 1;o lose sight 
of the intimate relationship between teehnical ad­
vancement am national security. Our opponents in 
world affairs seem clearly convinced that science 
and technology will be decisive factors in the 
contest between their system arrl ours. 

If the Soviets should attain a reaJLly signif­
icant breakthrough in space technology, they may be 
able to deny other nations access to soace--even for 
purposes of scientific research. Sovie1; attainment 
of this capability would pose a grave threat to our 
national security. 

In the face of the possibility that, the Soviets 
might try to pre- empt the use of space, our military 
caoabilities in this realm are of utmost. irnoortance . 
We must have the necessary strength to insure that 
soace is free to be used for peaceful outrooses , 

This is an essential military contribution to 
the progress of space exoloration . In order to 
achieve success in our scientific endeav·ors, we must 
insure that access to soace is guaranteed and that 
peace and freedom are preserved, Both the military 
and civilian asoects of our soace Program are vital, 
and both must be pursued with urgency. They share 
a common airn-- the security and well-beinp; of the 
ffnited States . 



DESIGN FOR MANNED SPACE FLIGHT 

Robert R. Gilruth 
Director, Manned Spacecraft Center 

National Aeronautics and Space Administration 

In approaching the task of talking t,o you about 
t.he subject, Design for Manned Space Flig:ht, I 
asked myself - just what i s different between manned 
flight in space and manned flight in airolanes? 

Based on experience to date in tre Mercury 
program and the beginnings of Gemini and Apollo, 
weighed against almost twenty years of airplane and 
missile projects, I am convinced that the se are 
significant differences both in the design itself 
and in the environment the designer finds himself 
in. 

Manned nie:ht with airplanes develooed during 
over half a century of time. In most of this peri­
od, the r esearch laboratories were far ahead of the 
operational vehicles . Design rules and f l ight pro­
cedures have been highly developed , The role and 
risk of the test pilot is well understood . night 
programs can pro~ess in phases - usually .d. thout 
publicity and public oressure aid usually under 
military classification. 

In manned space programs the re is in·tense 
public interest . The exploration of the unknown, 
the cold war situation, the spendi[lg of l.arge sums 
of public funds , combined 'With our completely open 
policy, keep the manned space program und,?r full 
public attention at all times. The designer 111\lst 
learn to ;,-ork and work llell under this environment. 

Unmanned space flight lacks o ne great. element -
namely the man - a chief factor in the public inter­
est . Much more liberty can be taken with relia­
bility rules. Finally, the cost and scooc! of 
urunanned programs have not anproached thoBe of 
manned programs and, therefore, they do not impose 
the massive system and integration requiri,ments 
such as we find in Apollo, 

The National proirrc111 , of course, detumines the 
type and scope of desiims for manned soac" fliP'ht . 
In ''lay 1961, President Kennedy estahlishecl manned 
lunar landing as a National goal. During the months 
that have passed since his statement, th ai; program 
has moved forward on a broad front in support of 
this objective: 

a . The Saturn space booster has beer1 placed 
under contract by the Marshall Space night 
Center, and initial flight tests have been 
accomolished. 

b . Large booster development and test facili­
ties have been sited and are be i n,g ac­
quired . 

c , The Manned Spacecraft Cent er has been es­
tablished , A vi~orous proP,ram is continu­
ing on the Mercury project. The Gemini and 
Aoollo spacecraft are under contract . 
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d . The national range at Cape Canaveral is 
being expanded. 

e . A vigorous research and development 
program in support of the lunar landing 
mission is continuing. 

Viewed from any anii;le, this is the be­
ginninF, of a gigantic technical Program. What are 
the problems of designing for this mission? How 
can an effort of th is comolexi ty be manai>;ed success­
fully? What have we learned from Project Mercury 
that wi 11 helo us know what to expect and what to do 
about the problems? 

Those of us who have worked on Mercury \Jell 
realize the size of that task, its complexity, the 
painstaking system tests after assembly, the check­
out time at tl-e Cape, the ground comolex, and the 
network problems . Many of us feel that in Mercury 
we were approaching a lim1t of sorts in checkout 
time and procedures for obtaining total complex 
readiness under the rules set down for manned flight 
"1th this system. 

Yet the Mercury spacecraft is basically a very 
simple vehicle, the booster has had a long oeriod of 
development, and the launch window is simply 
dictated by \leather and daylight landing consider­
ations . 

By contrast, Apollo will have an enormous 3-
stae:e booster, a spacecraft "1th a navi~ation 
system, mid- course propulsion and steering, a lunar 
landing and takeoff system , in addition to other 
basic Mercury systems expanded in scope . It al so 
may have to rendezvous with another booster before 
it can even leave Ji.:arth orbit for the Moon. 
Judging on the basis of ei trer of several criteria 
Apollo will be at least a full order of mavtitude 
more complex than Mercury. 

These criteria are shown in the slide (Figure 
1) , wtiere the re lat!. ve mission ti. mes, total energy 
of the ~sterns, and the costs are comared, These 
are crude yardsticks but they indicate the size of 
the step being made in all phases of technology in 
this program . The mission time reflects the differ­
ences between a one- d~ Mercury flight and a voyage 
of exploration, The energy comparison shows the 
advance required in propulsion technology, The 
cost comparison may also be interpreted in terms of 
the people on the job - the size of the team - the 
management - coordination arrl integration problems. 

What can be done to bring the task into reason­
able bounds? I think all of us feel that the 
technical problems can be solved. Such factors as 
propulsion technoloe:y-, guidance, reentry from escape 
speeds, lunar landing, crew systems and human 
factors will yield to intense research and develoo­
ment efforts. 



Other more i ntangible pr obl ems lie in the 
integration of all these items into an operational 
system. As i n all things , know- how comes from 
experience . We therefore need al 1 the fli ght ex­
perience we can get to help i n these areas . For 
this reason we are pursuing additional Mercury 
f lights. We eJCPect Project Oenini to provide 
direct support for the lunar effort by exploring 
rendezvous - long duration - and to provide for 
extensive space flight experience with t wo - man 
crews before the lunar voyage is attempted.. 

In Gemini we are also exploring advanced 
concepts in system engineering for space v·ehicles 
based on Mercury experience . Every effort, is 
being made to reduce system interfaces - t.o package 
systems to facilitate their development - access -
and checkout - and to minimize problems of final 
assembly and maintenance . This exoerience, should 

MISSION 
TIME 

APC>LLO 
ENERGY 

have a direct influence in Aoollo desi ~. 

We are also eXPloring the preferred role of 
man in the system. Properly used, man can con­
tribute gr eatly to the simplicity of system inter ­
faces . ~e has no equal as a mode selector - for 
commanding events in nontime critical ooerations, 
and as a sensor - operator in discriminatine: tasks 
such as lunar landing and takeoff operations and in 
rendezvous . 

One other factor of great imoortance is the 
margin of per fonnance . Certainly a tradeoff exists 
between perfonnance - reliability - and schedule , 
Too many of our space systems have had to be 
optimized for absolute minil11UJTl weight r egardless of 
assembly - checkout - and maintenance difficulties . 
In Apollo we have our first chance to use a booster 
designed for the mission instead of a mission de­
signed for the booster. 

MERCURY 

COST 
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THE X-15 PROGRAM 

Joseph A. Walker 
Chief of Rese~rch Pilots Branch 

NASA Flight Research Center 
Edwards, California 

Abstract 

The X-15 has essentially attained :its design 
performance in the flight research prog:ram accom­
plished to date . 

The high-temperature structural de:,ign 
approach utilized for the X-15 configur1ttion has 
been successful; no major design defi ciimcies were 
encountered nor major modifications required. 
With but few exceptions, the local thenoa.l problems 
encountered have not affected primary structural 
areas . 

I n general, the aerodynamic derivatives ex ­
tracted f rom flight -test data have confj_nned the 
estimated derivatives obtained from windl- tunnel 
tests and thereby provided increased confidence in 
wind-tunnel evaluati ons at hypersonic speeds . 

The aerodynamic flight control syst:em and the 
simple stability augmentati on system of the X-15 
airplane have proved to be good techni ca.l designs . 
The airplane can be flown with satisfactory han­
dling qualities through the range of dynamic 
pressures from about 1, 500 lb/sq ft to below 
100 lb/sq ft through the range of Mach numbers 
from about 6 . o to subsonic landing conditions . 

Although only limited flight experience has 
been gained wi th the reaction-control system, i ts 
basic design appears to be completely adequate . 
This type of system apparently provides ,an adequate 
means of attitude control for future space vehicles . 
Pilot transiti on from aerodynamic controls to 
reaction controls has been accomplished •without 
problems . 

Reports from the X-15 pilots indicate that 
there are no piloting problems peculiar ·to the 
X-15 fli ght regime other than conventional pilot 
workload tasks . 

I ntroduction 

Since the first government flight in March 
1960, the X-15 research program has been conducted 
in accordance with requirements for detei:mining 
answers to the problems which the airplane was 
primarily built to study--aerodynamic ancl struc ­
tural heating, hypersonic stability and c:ontrol, 
control at low dynamic pressure, and piloting 
aspects . In addition, significant inforniation, 
which was not considered to be of primary impor­
tance initially, has been derived relating to 
landing, aeromedical studies, simulation, and 
flight control systems . Other valuable d,ata have 
been obtained on panel flutter, structura.1 defor­
mation, landing loads, structural effects. on the 
stability augmentation system, engine noz,zle 
erosion, and aerodynamic noise . This inf'ormation 
was derived from several sources, including instru­
mentation of the X-15 airplane itself, po,stflight 
inspection of the X-15, medical data and cormnentary 
from the X-15 pilots, launch- airplane ins,trumen­
tation and comments of the launch-airplane crew, 
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comment of the escort-aircraft pilot and photog­
raphy from the escort aircraft, and, on the ground, 
t racking, photography, and telemetry. 

Flight Test Program 

The X-15 was built with the objective of 
achieVing a maximum velocity of at least 6,000 feet 
a second, an altitude of 250,000 feet, and a struc ­
tural temperature of 1,200° F. Also, the airplane 
was constructed to be flown from launch through 
landing under direct control of the pilot . The 
validity of this approach has been verified by the 
successful progress of the research program. The 
maximum speed performance of the X-15 has been 
achieved at a Ma.ch number of 6 .04 {4,093 mph); an 
altitude of 246, 000 feet has been exceeded; and a 
maximum temperature of 1, 160° F has been obtained. 

Shown in figure 1 is the performance capability 
of the X-15, including a shaded area which indi­
cates the portion of the profile covered by flight 
test as of April 4, 1962 . In addition, this per­
formance envelope shows the relationship of dynamic 
pressure to altitude and velocity. As is apparent 
from the figure , the flight test dynamic -pressure 
has been intentionally limited to 1,500 lb/sq ft, 
thus allowing a margin for inadvertent overshoot . 

Aerodynamic and Structural Heating 

Heat -transfer data have been obtained on the 
X-15 i n flight at speeds near free - stream Mach 
numbers of 3, 4, and 5 , and at relatively low angles 
of attack. Turbulent heat- transfer methods were 
utilized and the results compared with X-15 flight 
data . The level of heat transfer predicted by 
reference-temperature methods is from 15 percent to 
60 percent higher than the measured data, depending 
upon the assumed total- pressure 1evel . Closer 
agreement with measured data has been obtained when 
the effective heating rate was neglected and 
attached- shock total-pressure levels were used . 

Surface pressure and heat transfer which have 
been measured on the lower wing surface about mid­
semispan and on the lower fuselage centerline are 
shown in figw·e 2. In the upper part of the figure, 
measured pressures are compared with calculated 
pressures for the lower wing and lower fuselage. 
In the lower part of the figure, measured heat­
transfer data are compared with calculated values . 
For the wing, the surface pressures are closely 
estimated by assuming an attached shock and expanded 
flow over the wing . Similarly good agreement is 
shown for the lower-fuselage centerline where a 
tangent-cone approximation has been used to calcu­
late the local-pressure levels . Whether the 
approach shown by the solid line in this figure can 
be generalized depends largely on measurement s of 
the actual total-pressure levels in flight over a 
range of skin heating rates . 

Some evidence of the manner in which boundary­
layer transition takes place on the airplane in 
flight has been determined by utilizing temperature-



sensitive paint . In figure 3 a plot of wing 
boundary- layer transition for a selected midsemi­
span station on the wing is shown with a postflight 
temperature- sensitive-paint :pattern. The correla­
tion between the paint and calculated laminar and 
turbulent flow is illustrated on the plot . Illus­
trated also is the critical nature of the shift 
between laminar and turbulent flow . Results 
suggest the advisability of continuing to use con­
servative estimates for the transition location . 

Maxi.mum temperatures measured on the X- 15 
show that speeds in excess of a Ma.ch number of 6 
have been accomplished without extreme structural 
temperatures . Com:parison of calculated and meas­
ured internal temperatures has shown that satis­
factory thennal gradi ents through the structure 
can be predicted from known heat input to th,e ex­
posed surfaces, as illustrated in figure 4. In 
general, the hot- structure concept used for the 
primary structure of the X-15 has proved to be 
quite satisfactory. Structural problems ha~·e 
developed. during the flight program as a reeiult of 
local hot spots and discontinuities in the f,truc ­
tural elements . Many -of these problems pertain to 
the X-15 only; ttowever, thermal problems with 
windshield glass, airflow through openings 1n the 
external structure, and structural discontinuities 
can be expected to appear on all hypersonic 
vehicles until adequate design infonnation i.s 
available in these problem areas. 

Landing 

Landings with the X-15 airplane have shown 
that the main-gear loads measured during th,e second 
reaction after nose-gear contact are severa1 times 
larger than the loads experienced during th,e ini­
tial phase of the landing, as illustrated in 
figure 5. The large loads during the second. main­
gear reaction are attributed to the main-g~ir 
location as well as to the large tail loads , the 
negative wing lift, and the airplane inerti11l loads 
after nose-gear touchdown . The high nose-g,ear 
contact velocities caused by the airplane pitching 
down result in high nose-gear loads and, conse­
quently, high accelerations on the pilot during 
this phase of the landing . Calculated results 
show that the main-gear reaction can be reduced by 
proper control of the elevator angle during touch­
down . Theoretical results show that increasing 
the skid coefficient of friction reduces the main­
gear reaction slightly, but increases the nose­
gear reaction . The present gear system of the 
X-15 has proved to be adequate in general a.nd has 
required very little attention . 

Li.ft and Drag 

G_enerally good agreement has been obta.ined 
between flight and wind-tunnel measurements, of 
aerodynamic forces on the X-15 for the low angle­
of-attack range covered . In the future, flights 
will be extended to higher angles of attack where 
interference and nonlinear effects are the pre­
dominant flow characteristics . Throughout the 
Mach number range considered, up to a Mach number 
of about 5, and in the low angle-of-attack range, 
wind- tunnel trim lift and drag obtained on models 
showed excellent agreement with flight results in 
the X-15. Furthermore, at least up to a Mitch 
number of 3 and for the Reynolds number range 
greater than 5 million, flight data indica·te that 
reasonable values of the full- scale minimuJn drag 
can be obtained from extrapolations of the 

wind-tunnel results to flight Reynolds numbers, 
provided the condition of the boundary layer is 
known and a representative wind-tunnel model is 
tested, even to the extent of incl uding all of the 
protuberances found on a full - scale airplane. 
Existing theoretical methods were adequate for 
estimating the X-15 minimum drag . These theories, 
however, underestimate the drag due to lift and 
overestimate the maximum lift-drag ratio, primarily 
because of the inability of the theories to predict 
the control- surface deflections for trim. The two­
dimensional theory which has been known to predict 
base pressure on relatively thin wings with blunt 
trailing edges also predicts satisfactorily the 
base pressure behind the extremely blunt vertical 
surface of the X-15-
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Stability and Control 

The X-15 flight program has established 
fairly well-defined derivative trends for Mach 
numbers approaching the design limit . With few 
exceptions, these trends have agreed well with the 
wind-tunnel predictions (fig . 6) . Also, many of 
the basic stability and control design parameters 
have been confirmed as a substantial portion of 
the overall flight envelope . A gradual development 
of these basic trends from one flight to the next 
has, in fact , generated a high level of confidence 
in proceeding to the more critical flight areas 
during the past several months . 

No serious flight control problems have been 
encountered in the longitudinal mode . However, one 
serious deficiency in the latera~-directional mode 
has been observed in the form of an adverse dihe­
dral effect at high Mach numbers and angle of 
attack with the lower rudder on and the roll damper 
off . This problem was not revealed until the in­
puts of the pilot were used with the airplane 
stability to detennine closed-loop stability. The 
serious implications of the lateral-directional 
control problem are illustrated in figure 7, which 
shows the range of angles of attack and Mach number 
in which the controllability problem is expected 
with the lower rudder on and the roll damper off . 
Flight trim limits of angle of attack plotted 
against Mach number and the uncontrollable or 
extremely difficult control areas are designated. 
Recovery from high-altitude flight will require 
penetration of this uncontrolla~le region and, thus, 
loss of roll damper during the critical portion of 
reentry would be a significant problem. Two means 
are available for improving the X-15 controlla­
bility with the roll damper off: reduction of 
angle of attack, which for an altitude reentry 
results in higher dynamic pressure and higher 
structural temperatures, or a special technique 
referred to as the ~-technique . This technique 
involves the use of manual aileron input to coun­
teract the sideslip as indicated to the pilot . 
Although these special control techniques have not 
completely alleviated the problem, they have pro­
vided sufficient improvement, when the side stick 
is used, to allow flight in the fringes of the 
uncontrollable region. Removal of the lower rudder 
appears to be a promising means of alleviating the 
lateral-directional instability at high angles of 
attack . Finally, additional reliability has been 
obtained by dualization of certain components in 
the stability augmentation system. Further studies 
and tests are planned for the high Mach number and 
angle- of-attack ranges to reveal any further flight 
control problems that exist in these more critical 
areas and to fill out the remainder of the flight 



envel ope . In general, with the stabil1.ty augmen­
tation system functioning, the X- 15 handles very 
well (much the satne as century series f'ighters) and 
verifies that the established handling- qualities 
criteria for aerodynamic stability and control 
serve as good guidelines . Further quantitative 
information must be obtained on the performance of 
the attitude control rockets . 

The third X-15 is equipped with a self­
adaptive flight control system built by Minneapolis­
Honeywell Regulator Co. A self-adaptive flight 
control system, as the name implies, monitors its 
own performance and adjusts its gains to provide 
essentially constant aircraft dynamics throughout 
the aircraft's flight envelope without ·benefit of 
air-data sensing or scheduling . Additional fea ­
tures of the system include integration of aero­
dynamic and reaction controls and autop:ilot hold 
modes in attitude and angle of attack . 

It was found during development that the X-15 
adaptive system was more sensitive to structural 
feedbacks than had been anticipated. Notch filters 
were installed to reduce system gain at primary 
structural frequenc i es . This modificat:Lon, and 
other minor develo:prnent changes, have resulted in 
average gain levels somewhat lower than had been 
anticipated . The flight demonstration jls continu­
ing satisfactorily, with the current ob;jecti ves of 
decreasing reaction-control fuel consumption and 
increasing the usable angle- of-attack rEmge . 

Simulation 

Pilot training procedures have pro~·ed to be 
adequate for a program of the X-15 type . The use 
of the analog simulator to establish pilot cues and 
timing and to allow the pilot to practice until the 
techniques become routine has considerably eased 
the total piloting task, thereby improving the 
pilot's ability to obtain precise flight data in 
the time available . Predictable emergency condi­
tions or off-design missions have been encountered 
during the program and, in each instance, simulator 
training has contributed greatly to the pilot's 
ability to complete the mission. The two most 
valuable training devices have been a fixed-base 
six-degree-of-freedom analog simulator and the 
F-104 in- flight landing-pattern simulator . Other 
training devices such as the centrifuge and the 
variable- stability airplane have contrib·uted to 
the overall pilot-experience level; however, they 
are not considered necessary for continuous use on 
a flight -by-.flight basi s . Expected problems, 
primarily in the area of aerodynamic heati ng, have 
also been encountered, but neither pilot nor flight 
vehicle safety has been compromised by the 
incremental-performance philosophy of emrelope­
expansi on testing . 

Operational Experience 

Figure 8 presents a tabulation of the X-15 
mission success as of November 1, 1961 . In every 
instance, failures to achieve the planned perform­
ance were the result of powerplant and propellant 
system problems and pilot presentation deficiencies; 
stability augmentation and cabin pressure/pressure­
suit systems problems contributed to the failures 
in achieving the prime mission objectivei; . Alter­
native modes of operation were available with which 
to obtain increased probability of mission success . 
For example, if the flow-direction- sensor ball nose 
failed after launch, a 2g pull-up could. be 
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performed until specified pitch angle was achieved. 
Reentry could be accomplished by reference to pitch 
on the attitude indicator, setting predetermined 
stabilizer angle, or reference to the horizon . 
However, all of these alternative procedures 
resulted in comparatively inaccurate flight pro­
files . Generous tolerances were allowed in perform­
ance when considering achievement of prime objec­
tives . Even on several successful flights, there 
were problems similar to those noted. 

A comprehensive evaluation of the X-15 flight 
operations, performed by Mr . R. G. Nagel of the 
AFFTC, has indicated that the program benefited 
greatly from inclusion of a pilot in the control 
loop and from redundant systems (figs. 9 and 10) . 
These figures indicate the effects of pilot and 
redundancy upon the prelaunch and postlaunch phase~ 
of the X-15 operation. In figure 9 the total 
number of launches or attempts is shown for pilot 
plus redundancy in the actual case as compared to a 
hypothetical case for an unmanned vehicle with no 
redundancy, while for the postlaunch phase, the 
comparison in figure 10 includes the actual case of 
pilot plus redundancy and hypothetical cases of 
pilot only, redundancy only, and an unmanned 
vehicle with no redundancy. Note that the impact 
of pilot plus redundancy is more marked for free ­
flight operations than for prelaunch operations 
because of the prelaunch checkout procedure for 
detecting troubles . 

A comparison with an independent evaluation of 
the Bomarc missile by the Boeing Co. is shown in 
figure 11. Whereas the unmanned X-15 is hypothet­
ical, the manned Bomarc is hypothetical. The 
similarity of success and failure percentages is 
striking and serves to place further emphasis upon 
the value of the pilot in the system and of redun­
dancy for increased success in other aerospace 
programs . It is significant that the pilot has 
been able to do the job, if not prevented by 
factors beyond his control, and recovered the air­
plane in all cases . Of course, the flights were 
planned for pilot operation, but the tasks were 
challenging, even so . The planning and execution 
of flights was generally successful and indicates 
that the initial concepts were correct . It is 
beli eved that even increased utilization of the 
pilot will be possible in advanced vehicles . 

Physiological Data 

To date, recorded physiological data from 
X-15 pilots have indicated only reasonably expected 
responses . Heart rates during flight have usually 
been from 140 to 150 beats per minute, about double 
the pilot's resting preflight heart rate. These 
levels have been confirmed by measurement of heart 
rates of 150 beats per minute during operational 
fighter landings . The data are useful, therefore, 
in establishing physiological baselines for pilots 
of high-performance vehicles. 

Figure 12 presents flight time histories of 
altitude, velocity, normal and longitudinal accel­
eration, breathing rate, and heart rate as measured 
during an X-15 flight. One can see the general 
parallel response of breathing and heart rate to 
greater or reduced physical loading caused by 
maneuvering and thrust and drag . The heart rate is 
believed to be the more accurate indicator of work 
load, since breathing can be intentionally varied 
somewhat (by holding one's breath at high g, for 
example) . Note that the last 4 minutes (time 
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400 sec to 630 sec) have the highest continuous 
heart rate, coincident with a steep descending turn 
with speed brakes extended, followed by pull-out 
and landing-pattern maneuvering . The anticipatory 
"spin-up" surges before launch and before descent, 
followed by decrease to required load, can also be 
seen . 

Future X-15 Program 

The X-15 program for the immediate fu·ture will 
be oriented toward continuing research inv,estiga­
tions in the following primary areas : flight 
characteristics at high angle of attack; a,ero­
dynamic heating; reaction controls, includ:ing rate 
damping; adaptive control system; performa1nce; 
displays; energy management; and bioastroru~utics . 
As these programs are completed, follow-on programs 
will explore some interesting new experime:nts such 
as ultraviolet stellar photography, infrar,ed ex­
haust signature, landing computer, detachaible high­
temperature leading edges, horizon definition, and 
hypersonic propulsion . 

Concluding Remarks 

I n reviewing the broad aspects of the accom­
plishments of the X-15 program, the following con­
clusions may be made : 

The exploratory flight studies have indicated 
that hypersonic aerodynamic heating effects can be 
predicted with sufficient accuracy to support the 
design of a hot- structure vehicle such as the X-15 
airplane . The high-temperature structural design 
approach utilized for this configuration has been 
successful; no major design deficiencies were en­
countered nor major modifications required . With 
but few exceptions, the local thermal problems 
encountered have not affected primary structural 
areas . 

In general, the aerodynamic derivatives ex­
tracted from flight -test data have confirm.ed the 
estimated derivatives obtained from wind-tunnel 
tests and thereby provided increased confidence in 
wind- tunnel evaluations at hypersonic speeds . 

The aerodynamic flight control system, and the 
simple stability augmentation system of the X-15 
airplane have proved to be good technical designs . 
The airplane can be flown with satisfactor·y han­
dling qualities through the range of dyn8.ll:dC pres­
sures from above 1,500 lb/sq ft to below 
100 lb/sq ft through the range of Mach numbers from 
about 6 .0 to subsonic landing conditions . 

Although only limited flight experien,ce has 
been gained with the reaction-control system, its 
basic design appears to be completely adeqtuate . 
This type of system apparently provides an ade ­
quate means of attitude control for futurEi space 
vehicles . Pilot transition from aerodynamic con­
trols to reaction controls has been accomplished 
without problems . 

Reports from the X-15 pilots indicate! that 
there are no piloting problems peculiar to the 
X-15 fli ght regime other than conventional pilot 
workload tasks . 

Symbols 

an normal acceleration, g units 
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H 

h 

M 

p 

Ft,A 

T* 

(T*)aw 

V 

w 

Xw 

a 

Tj 

longitudinal acceleration, g units 

effective dihedral derivative 

longitudinal stability derivative 

slope of airplane normal- force -
coefficient curve 

directional stability derivative 

acceleration due to gravity, ft/sec2 

altitude, ft 

heat-transfer coefficient, 

Mach number 

Prandtl number 

pressure 

Btu 

rt2 - °F- sec 

attached- shock total pressure 

total pressure behind normal shock 

free- stream total pressure 

dynamic pressure, psf 

boundary-layer recovery temperature, 

( 'Y -1 2) 
TR = Tl 1 + - 2- f1M2 

reference temperature, 
T* =Tl+ 0 ,5(Tw - T2) + o .22(TR - T1) 

adiabatic-wall reference temperature, 
(T*)aw =Ti+ o .12(TR - Ti} 

velocity, ft/sec 

airplane sinking speed at initial touch-
down, ft/sec 

airplane landing weight, lb 

length from fuselage nose, ft 

length from wing leading edge, ft 

angle of attack, deg 

initial angle of attack at touchdown, 
deg 

ratio of specific heats 

horizontal- stabilizer position, deg 

recovery of factor (fiPr for laminar 

flow, 3,/NPr for turbulent flow) 

Subscripts : 

1 

w 

local 

wall or skin 
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EXPERIENCE WITH MERCURY SPACECRAFT SYSTEMS 

J . F. Yardley 
Base Manager 

McDonnell Aircraft Corporation 

1. Introduction 

Design of a manned spacecraft in 
1958 and 1959 required that many deci­
sions be made with no background of 
direct experience with similar vehicles 
and very little background of experience 
on vehicles of any type vhicb bad been 
exposed ta the rigors of space. Under 
sucb circumstances, it vas necessary to 
establish certain fundamental design 
principles which were believed to repre­
sent the proper balance between the con­
servatism required by the unknowns, the 
desired development schedule~ and tbe 
extreme necessity to conserve weight. 

One of the foremost of the program 
objectives vas, of course, safety, 
Broadly speaking, tbe design principles 
chosen to achieve the level of safety 
desired in such an unknown venture were 
very similar to those used for manned 
a ircraft design . Summarized in simpli­
fied form: 

a. Flight safety should not be 
jeopardized by single failures 
ot functional components in 
probable failure modes. 

b. System requirements should be 
met wherever possible through 
tbe use of compone~t designs 
already tried and proven, so 
that added risks of "state of 
the art" developments would be 
minimized. 

c. Structural design should be kept 
simple and straightforward. 
Mmterials should be chosen for 
their reliability of performance 
arnd tolerance for extended 
ernvironments insofar as possible. 

d. Vehicle design should be sucb 
that the entire mission could be 
completed vitbout an active 
pilot. 

This paper will discuss actual exper, 
ience witb some of the Mercury spacecraft 
systems and relate this experience to 
these original design principles. Tbe 
concluding remarks will suggest, in retro­
spect, how these principles should nov be 
modifled in the light of present Mercury 
experience. 
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2. Structure and Heat Protection 

The basic primary structure chosen 
was a simple conventional semi-monocoque 
shell of titanium. Figure l shows an 
external view of tbe primary titanium 
structure, Welding was used as much as 
possible to avoid leakage. The primary 
structure was designed to operate "cool", 
but the mate rials chosen bad considerable 
tolerance for elevated temperatures in 
the event that the beat protection failed 
locally. The decision to insulate the 
load carrying structure eliminBted many 
thermal expansion problems which are dif ­
ficult to predict analytically, The 
experience to date with this type of 
structure has been excellent. The only 
significant problem to date was an inter­
face flexibility problem with the Atlas 
missile whi ch resulted in stift'ening both 
the Atlas and the adapter structure 
between the missile and the spacecraft. 

Tbe structural separation devices 
are a good example of the reduadant 
design philosophy employed. All separa­
tion devices are designed to operate 
satisfactorily in spite of any single 
failure . For example, the maia joint 
between the spacecraft and the adapter 
uses a three - segment clamp ring joined 
by three explosive bolts. If any one 
of these bolts fire, the joint will 
release. Each bolt has two separate 
firing means, and in one case, mechanical 
firing is possible. Tbe electrical 
umbilicals between the spacecraft and the 
adapter must also positively release for 
satisfactory mission safety. Each of 
these wire bundles bas a pyrotechnic dis­
connect and a mechanical disconnect in 
series . Figure 2 illustrates a typical 
joint. In three separate flights, this 
redundancy was needed to satisfactorily 
separate tbe umbilicals. The failures 
of the pyrotechnic disconnects were 
caused by the main clamp ring fairing 
which struck the disconnect during abort 
separations, thus jamming it. The fair­
ing was redesigned to eliminate the pos­
sibility of aft motion during separation. 
This case is a good illustration of the 
value of this redundant design pbilosoph~ 
Had no redundancy been employed in this 
joint, it is quite possible tbat these 
missions would have been complete fail­
ures . 



Redundancy, however, can also cause 
added probleITTs . For example, if two 
components are provided, either of which 
can perform the desired function at the 
desired time, then there is twice the 
probability that a random actuation of 
the component at the wrong time will 
occur . An example of this occurred on a 
flight test from Wallop's Island. The 
escape rocket was fired prematurely by a 
malfunctioning limit switch . Io this 
particular case, there were three 
switches in parallel to fire the rocket 
when desired .. The basic pro)>lem turned 
out to be a vibration of the switch and 
surrounding $tructure at extremely high 
dynamic pressures, but if these switches 
bad been interlocked, the failure could 
not have occurred . Thus, it is important 
that the designer consider carefully the 
problem of "negative" redundancy as well 
as the problem of "positive" redundancy. 

Heat protection of the spacecraft 
requires a considerable weight so com­
plete redundancy was not feasible. To 
compensate for this , more conservative 
design criteria were selected . For 
example, the ablative beat shield is 
designed to absorb the additional beat 
produced during a re-entry where only two 
of the three retrorockets fire. In addi­
tion, the backup structure of the beat 
shield uses material with some ablative 
capabilities so that an extra margin of 
safety is obtained without added weight . 
Experience with the beat shield indicates 
consistent, reliable performance which 
correlates very well with analytical 
predictions. The only problems encoun­
tered have been in obtaining sound struc ­
ture during the manufacturing process. 
Stringent process control coupled with 
certain design changes have remedied 
these fabrication problems. Figure 3 
shows the MA-4 capsule illustrating the 
beat shield condition after orbital 
re-entry. 

The afterbody heat protection 
largely consists of "shingles" of .016 
inch thick beaded Rene 41 material which 
dissipate the beat by radiation. Exhaus­
tive ground te s ts were made on these 
shingles using conservative combinations 
of heat, dynamic pressure, and noise, 
These shingles have performed admirably 
in all flight tests; in no instance have 
any of these shingles buckled, cracked 
or torn in any way. The beat protection 
on the s mall cylindrical afterbody is 
provided by . 25 inch thick beryllium 
shingles. In this area radiation cooled 
shingles are not sufficient for the case 
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of a completely uncontrolled re-entry , so 
a beat sink approach was necessary to 
allow for control system failure. Figure 
4 illustrates the condition of these 
afterbody shingles subsequent to orbital 
re - entry. 

In the case of the window, redun­
dancy vas employed . Protection from 
failure of the outer windov is provided 
by an iooer beat resistant window . The 
pressurization loads are also carried by 
redundant v indows . No problems bmve been 
encountered vitb the window desiga. 

3. Electrical System 

Basic direct current electrical 
power is furnished by six silver-Rine bat­
teries arranged to provide a main bus, a 
standby bus, and an isolated bus. Suit ­
able svitching provicions are available 
to isolate or parallel these batteries 
and buses in a variety of vays, so that 
maximum use can be made of this inherent 
redundancy. The batteries themselves 
have proven very reliable in service, 
as has the entire main power distribution 
system. 

Alternating current electrical power 
is provided by static inverters arranged 
into two separate A. C. buses. A standby 
inverter is provided that automatically 
switches to the appropriate bus iro the 
event of an inverter failure. So~e 
trouble was experienced on early models 
of these inverters in the areas of start­
ing reliability and overheating. Later 
model inverters have significantly 
improved these characteristics. Flight 
experience bas illustrated again the 
value of the AC redundancy provided. On 
the MA-4 flight, one of the primary 
inverters failed during launch . Without 
a backup, the flight vould have been 
aborted. In the actual case, hov ever, 
automatic svitchover was satisfactorily 
accomplished and tbe flight was success ­
fully completed. 

The sequential system consists of a 
number of sensors, relays, timers, etc ., 
and actually is the "brain" of the auto­
matic system. System design vas com­
plicated by the necessity to allow manual 
or ground command override capability . A 
high degree of redundancy was provided in 
this system, and experience has shown 
this to be desirable for the unmanned 
flights . Io a system of this nature, the 
designer must give extremely careful con ­
sideration to the matter of "negative" 
redundancy . The first Mercury-Redstone 



lauoch illustrates the type of tbiog that 
cao happen . The Redstooe received ao 
errooeous cut - off commaod as it was lift­
iog off. It shut down and settled back 
on the pad after rising one inch; thi s 
cut-off sigoal was sent to the spacecraft 
which automatically ioitiated the oormal 
sequence as though the powered fLight had 
beeo completed. The first sequential 
event was to jettison the escape tower, 
In an emergency situation of this nature, 
it might have beeo catastrophic to lose 
the escape tower at that momeot. The 
desigo was changed to provide suitable 
interlocks so that this signal from the 
Redstone could not be sent until acer­
tain velocity had been achieved . 

The geoeral experience with the 
sequential system bas been quite satis­
factory with failures usually confined 
to isolated timer circuits or seosors of 
a ooo-critical nature, Duriog the receot 
MA - 6 flight, however, a malfuoctiooiog 
limit switch required that a grave deci­
sioo be made duriog flight to re-eoter 
without jettisooing the retro package, 
Here again is an example of insufficieot 
oegative reduodaocy. The heat shield 
release mechanism has two limit switches 
which are actuated vheo the mechanism 
is unlocked, These switches were wired 
io parallel giving good "positive"' redun­
dancy, but poor "negative" redundancy. 
In this particular case, it is far more 
important to know the mechan ism is safely 
locked before re-entry than to know it 
bas properly unlocked after parachute 
deployment, since landing without the 
i mpact system is perfectly acceptable . 
For future flights, it is planned to wire 
these s witches in series so that a double 
failure is required before a false indi­
cation is given. 

4. Automatic Stabilization System 

The automatic stabilization system 
consists of attitude reference compo­
nents, rate sensors, logic electrooics, 
and suitable displays, It is designed 
to sense spacecraft attitudes and rates, 
and send signals to the control jets thus 
maintaining the desired attitude or 
changing from one attitude to another. 
Mode switching signals are provided to 
this system from the sequential system . 
It wa s not considered necessary to 
duplicate this automatic stabilization 
equipment since the astronaut provides an 
excellent backup for all of its functions. 
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The detail design of the system, however, 
provides a certain amount of desirable 
redundancy. For example, the basic atti­
tude reference system consists of atti­
tude gyroscopes which are slaved to hori­
zon scanners. Consideration was ini ­
tially given to using the horizon scan­
ners directly as the attitude reference 
and thus eliminating some components. 
This idea was discarded primarily because 
of the lack of experience vith horizon 
scanners compared with attitude gyros , 
Flight tests to date show that this vas a 
vise decision. While the horizon scan­
ners have performed reliably, they some ­
times provide an erroneous attitude 
reference due to certain atmospheric 
phenomena. For example, they sometimes 
mistake high altitude clouds and hur­
ricanes for deep space, Figure 5 illus­
trates this effect on the MA-4 flight 
vhen the spacecraft passed over hurricane 
Debbie . These effects are not serious 
when the gyros are slowly torqued to the 
scanner reference, but could be quite 
disconcerting if these erroneous signals 
were used directly for control logic 
information, These effects have been 
reduced in magnitude and frequency of 
occurrence by certain internal circuitry 
changes to the horizon scanners. 

The digital nature of the control 
logic also provides a degree of redun­
dancy. The orbit attitude is maintained 
within desired limits by a series of five 
sector switches for each axis. Each 
switch backs up the previous one so that 
failures of any single switch will result 
in only minor variations from the normal 
limit cycle. The various modes of opera­
tion are also arranged to back up other 
modes . Thus, if for any reason orbit 
mode cannot be maintained, the system 
switches into orientation mode. This has 
actually happened on several flights 
because of malfunctions of some of the 
small jets used for orbit mode control. 

Reliability of the automatic stabi­
lization system has been exceptionally 
good on all flights. The only malfunc­
tion experienced to date was the failure 
of a 2 deg/sec signal from one of the 
rate gyros . This trouble was later 
traced to a broken wire in one of the 
spacecraft harnesses. These have been 
cases where it was initially suspected 
that this system was malfunctioning; sub­
sequent investigation has always revealed 
that the system was working perfectly, 
and that the unusual indications were the 



results of unusual maneuvers. For e xam ­
ple, during tbe fligbt of MA-6 it was 
reported that the attitude indicator was 
giving erroneous attitudes wben compared 
to tbe visual horizon reference. La ter 
analysis verified tbat this was a normal 
situation resulting from manually yawing 
the spacecraft without interrupting the 
open loop orbital precession of the gyros 
while tbe scanners were not slaving, 
Thus the gyros were being precessed 
assuming the spacecraft "18S traveling 
blunt end forward while it was actually 
traveling small end forward, Tbis natu ­
rally led to a discrepancy between actual 
attitude and indicated attitude . 

5 , Reaction Control Syste! 

Spacecraft attitude control is 
achieved through the use of small Hydro­
gen Peroxide jets, Two completely inde ­
pendent systems are provided, Each sys­
tem bas its own pressurant system, tank ­
age, control valves, and thruster assem­
blies. One system, called the Automatic 
System, is energized solely by electrical 
signals. These signals can be received 
from either the automatic stabilization 
system (automatic mode) or from direct 
switches on the h a nd controller ("fly- by­
wire" mode) . This system bas a set of 
low thrust jets (one lb. thrust) and a 
set of high thrust jets (twenty - four lbs. 
for pitch and yaw; six lbs . for roll). 
The other system, called the Ma nual Sys ­
tem, can be energized entirely manually 
through tbe use of mechanically actuated 
throttling valves (manual direct mode), 
or can be energized electrically by band 
controller motion (rate command mode) . 
The manual system bas only a set of the 
high thrust Jets, but lover thrust can be 
obtained by proper use of the propor­
tional throttling valves . 

Experience to date with these sys­
tems clearly illustrates the value of 
redundancy . 

Development problems have not yet 
been entirely eliminated; this results in 
less than the desired component reli ­
ability and would probably necessitate 
lengthy program delays if it were not for 
the fact that sufficient redundancy 
exists to achieve the necessary reli­
ability for continued flight development 
Ground test development is difficult and 
time consuming because of the laboratory 
problems of proper simulation of altitud~ 
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internal beat generation, external bea t 
balance, etc. Of course , zero "g" 
effects cannot be duplicated in the l a b ­
oratory . Thus it is highly desirable to 
utilize actual flights fo r this develop ­
ment process . 

Problems encountered to date include 
corrosion, temperature control, system 
cleanliness, and internal deteriora tion 
of thrust chamber assemblies . Internal 
corrosion products have resulted in suf ­
ficient foreign ma tter to plug some of 
the sma ller ori fices . Corrosion has 
also caused solenoid valve malfunctions 
and in one case the corrosion was so 
severe that an actual leak occurred in a 
plumbing line. This problem has been 
brought under re a sonable control by 
special vacuum drying techniques, purg ­
ing techniques, changes to ma teri a ls and 
protective finishes, and by the addition 
of suitable filters in the sys t ems, 

Achieving satisfactory temperatures 
for the hydrogen peroxide in the tanks 
and lines has also presented problems. 
At present, the temperatures are con ­
trolled passively by means of insulation, 
conducting straps, etc . This passive 
method bas proven satisfactory in all 
cases except for the lines and valves 
close to the roll thrusters . Tempera ­
tures in the area of the roll thrusters 
have been adequately controlled for the 
short missions by heat sinks; testing is 
currently underway to develop methods of 
adequate temperature control for longer 
periods of time. 

Any foreign particles of even min " 
ute size c a n plug up some of the tiny 
orifices in the thrusters . For example , 
the MA - 5 flight was termina ted after t wo 
orbits because of a malfunction in one 
of the small thrusters , Post flight 
inspection revealed that the stoppage 
was caused.by a small metal chip plugging 
an orifice. A filter bad been provided 
about two inches upstream of the orifice 
vbicb would have stopped tbis particle 
bad it been introduced into the system 
upstream of this filter , Subsequent 
analysis indicated that this chip was 
torn from the threads immediately 
upstream of the orifice plate during 
assembly. It is probable that a slight 
burr existed on the threads and was over­
looked during inspection. This machined 
thread has since been replaced with a 
rolled thread, Figure 6 shows a one 
pound thrust chamber and solenoid valve 



I 
disassembled. Foreign particles are 
minimized by system flusbiog, careful 
procedures during a ssembly and se rvic ing 
of the syste m, strateg ic filter placement 
and striogeot quality control. 

Another pr oblem whi ch bas c aused 
malfunctions of the s mall Jets is the 
disintegration of an ioteroal sc reen 
ins ide the thruster assembly immediately 
downstream of the orifice plate. Tbe 
combi oatioo of heat, errosive forces, aod 
corrosive environment destroy this stain­
less s teel screen , Io some cases, these 
small pi e ces of wire work their way 
upstream through the orifice aod subse ­
quently block the o rifice; this is 
believed to b e the c ause of the intermit­
tent operation of ooe of the small Jets 
oo the receo1; M.A- 6 flight . These stain ­
less s teel screens are being replaced 
with screen s of platinum wire wh ich are 
further protected by a stainless steel 
diffuser plate. Tbis configuration is 
currently beiog tested. 

6. Environmental Control Sy s tem 

Spacecraft aod pressure suit temper ­
ature, gas co mposition, sod pressure are 
regulated by this equipment . The c abio 
aod suit circuits are independent ao d 
designed so that either will provide a 
b acku p for the other . Pure oxygen, 
s tored at 7500 psi, is s u pplied to 
replenish the oxygen used by breathing 
aod leakage. Water evaporation is the 
b as ic cooling method. Carbon dioxide is 
removed chemically with lithium hydroxid~ 
Water is removed v itb a periodically 
squeezed spooge . High speed compressors 
provide the ventilating flow . Pressure 
is automatically regulated t o a differ ­
ent ia l value of 5, 5 psi . The system bas 
maoy modes of operation and bas interna l 
redundancy in many areas. Ex perience bas 
demonstrated the adequacy aod gross reli ­
ability of the system ; it has al so shovn 
tha t many checkout problems encountered 
because of the many automatic backup 
features v bicb require close operating 
tolerance s for proper performance. 
Fl ight experience has been quite sati s ­
factory . Problems encountered to date 
include cabin decompression, beat 
exchanger freezing , excessive use of oxy ­
gen, and high c abin temperatures. 

Duri ng the MR-2 flight, a post ­
l and ing ventilation valve inadvertently 
opened due to l aun ch vibration resulting 
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i n decompression of the cabio, A check 
v alve p r otected the suit circuit so the 
flight was successfully completed, again 
illustrating the value of t b e fail safe 
design philosophy. The inflow valve 
operating linkage was modified aod bas 
given satisfactory service since that 
time. 

Some troubles have beeo experienced 
io the past with freezing at the beat 
exchanger steam exhaust outlets . This is 
due to water flow io excess of the amount 
requ ired to r emove the interna lly gener ­
ated beat. Freezing can be easily avoided 
by the astronaut if he is give o steam 
exhaust duct temperature indications; t hi s 
wa s demonstrated during the M.A-6 flight. 

Excessive oxygeo usage occurred oo 
some of t he early flights due to vibration 
of the emergency rate valve linkage . 
Redesign corrected this deficiency. Some 
trouble he s been experien ced with obtain ­
ing pe r fect dynamic seals on the 7500 psi 
portion of the system, but such leaks 
have been of minute proportions. Pre­
launch testing bas uncovered other subtle 
means fo r using excessive oxygen . For 
example, the M.A -6 ground testing indicated 
excessive oxygen use , although oormal sys­
tem pressure testing revealed no leaks. 
The trouble was finally traced to the 
wrist seals on the pressure suit which 
had no leakage at 5 psi differential pres­
sure, but leaked badly at very lo~ pres ­
sures or 2 to 4 inches of water. Once 
located, this trouble vas quickly elim­
inated by improved seals . 

7 , Other Systems 

The Mercury Spacecraft bas a number 
of other systems (1 . e ., communications, 
i ns trumentati on , rockets, etc.) which have 
oot been discussed io detail . Io general, 
most of these systems have given satisfac­
tory se rvice io spite of development dif ­
ficulties, because of the general fail 
saf e design philosophy. 

8 . Conclusion s 

Experience witb Mercury Spacecraft 
sys tems bas beeo briefly discussed und 
related to certa in initial design criteria. 
I o retrospect, these criteria can nov be 
examined for their applicability to future 
manned spacecraft desigo , 



The "fail safe" design criteria has 
definitely been demonstrated as a highly 
important rule to follow which permi t s 
safe flight testing in unexplored en v i­
ronments. This rule must be applied with 
considerable judgment to obtain the 
proper balance between positive redun ­
dancy, negative redundancy, and com ­
plexity. 

The use of component designs which 
have been previously proven has defi ­
nitely been beneficial. In many Mercury 
cases, this was not possible and experi ­
ence has shown that more development 
troubles and failures were encountered 
in these cases . 

Simple structural design bas worked 
well, but no information has been gained 
to determine the degree of trouble which 
would be encountered with a more compli ­
cated structural approach . It is felt 
that manned spacecraft of the future 
could compromise in this area to obta i n 
benefits im other area s without seriously 
jeopardizimg the end results. 

MA-4 5•PACECRAFT STRUCTURE 
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Fully automatic operation wa s 
originally required for t wo reasons . 
Firstly, because of the necessi t y for a 
number of unmanned development flights, 
and secondly, because of t he uncertaint y 
surrounding man's ability to function 
properly in the new environment . In 
retrospect, it is felt t h a t the number 
of unmanned flights can be reduced in 
the future, but some will still be 
required to eliminate t he development 
problems which c a nnot be solved without 
flight test. Manned flights to date 
indicate that human perfo r mance will be 
excellent in the new environment, and 
full automation on future spacecra ft will 
not be required to back up the pilot . 
Thus the experience to date suggests that 
future manned spacecraft need not be 
designed so that the enti r e mission can 
be completed without an active pilot . 
The design mus t , however, be such tha t 
simple modifications will permit unmann ed 
flight testing of some phases of the 
total mission . 

TYPICAL MERCURY CLAMP RING AND UMBILICAL JOINT 

F igur e 2 
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MERCURY OPERATIONAL EXPERIENCE 

Christopher C. Kraft, Jr. 
Chief, Flight Operations Division 

NASA Manned Spacecraft Center 

Introduction 

A number of papers have been given previously, 
both to the IAS and other scientific organizations, 
which deal with ·the operational planning for 

l 2 Project Mercury ' , This paper deals with the 
operational experience gained from the development 
of facilities to perform real- time flight control 
and the experience gained from using these facili­
ties . The discu.ssion of this experience is prima­
rily limited to the Mercury-Atlas orbital flights 
leading up to and including the flight of Astro­
naut John H. Glenn, Jr. In addition, the over- all 
recovery operation is discussed . 

Network Stations 

The orbital. track flown in the three- orbit 
Mercury flight amd the location of the network 
tracking statior,ts established around the world to 
maintain contact: with the spacecraft are presented 
in figure 1 . This orbit and the supporting net­
work were chosen for a number of reasons but 
pri.me.rily on the be.sis of the following; 

(1.) The de11ir e to use the tracking facilities 
already ave.ilabJLe in the southern United states 
and the instrumentation on the Atlantic Missile 
Range 

(2) The de1,ire to obtain continuous tracking 
and voice contact with the astronaut throughout 
the powered "flight and the insertion into orbit 
and during the :c-eentry and landing phases 

(3) The be:Lief that radar tracking date. 
should be avail.able from a number of strategic 
locations around the world to establish the orbit 
properly 

(4) The desire to maintain voice contact 
with the astronaut as often e.s possible during 
the early phases of the fligl:rt and on the order of 
every 15 to 20 minutes thereafter 

(5) The need to remain within the temperate 
zones of the earth so that the design requirements 
on the spe.cecre.ft and the dangers of cold weather 
to the astronau.t after landing could be reduced 

All of the,se sites had voice and telemetry 
capabilities wi.th the spacecraft . A large number 
of the sites h.ed either C- or S-band radar track­
ing capability with teletype data facilities back 
to the Central _Computing Center at Washington, 
D, C. The sitEis at Cape Canaveral; Bermuda; 
Muchea , Austre.J.ia; Hawaii; Guaymas, Mexico; and 
California had facilities for radio crnmnand to 
the spacecraft .. Teletype to and from the Control 
Center at Ca-pe Canaveral was availabl.e to all the 
sites, and the capability of voice was provided 
from Hawaii t h:Jrough Bermuda and to the two sites 
in Australia. In addition, during John Glenn's 
f light, voice ,.as provided to the Canary I.sl-ands 
and by single-1sideband radio to the ships in the 
Indian Ocean eJCld off the west coast of Africa . 

The Communications and Computing Center is 
located at the NASA Goddard Space Flight Genter, 
Greenbelt, Md., and high-speed data lines and voice 
and telety-pe lines were provided from th113 center 
to the Mercury Control Center at Cape Canaveral . 
All of these facilities "'ere provided with the 
background of previous flight .. test experi1~nce and 
on the basis of the safest operational co111cepts so 
that the safe recovery of the astronaut c1:>uld be 
assured and to provide sufficient capabil.:Lty for 
controlling both unmanned and manned orbi•tal 
flights • A great deal of experience bas 111ov been 
obtained from operating this complex netw,:>rk and 
should prove beneficial to future space- f'.light 
programs . 

Based on the knowledge gained from the three 
Mercury-Atlas orbital flights flown to da:te, the 
following conclusions can be drawn: 

The facilities provided by this network are 
in most cases, more than adequate to provide both 
orbital 1.nf'ormation and data for performi:ng flight 
control for unmanned and manned flights. Experi­
ence has shown that with the tracking and computing 
complex at Cape Canaveral and Washington, D. c., 
the orbital elements can be determined within a 
very few seconds after launch-vehicle cutoff with 
su:fficient precision to assure control of the space 
vehicle should some abort condition present itself. 
Additional tracking obtained during the first half 
of the first orbit refines these computations to 
some extent and, together with the cutoff con­
ditions, provides extremely accurate spacecraft 
positions for at least a three- orbit mission. 

The computer program provided essentially 
real- time spacecraft position and, althou.gh com­
plex, it bas shown the capability of handling 
e.JLmost any trajectory problem which could. exist. 
The radar tracking system bas shown that low­
altitude orbits can be acquired and tracked with a 
high degree of accuracy provided proper eLcquisition 
data and systems are available , 
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In all cases, horizon- to-horizon co~rerege on 
UHF, which provided excellent telemetry ELnd voice 
contact with the spacecraft, was possiblEi. The 
use of HF extended the contact times by nbout 
2 minutes at each site and is considered an impor­
tant adjunct to the spacecraft communica1;ions 
system. The commBJ1d capabilities to the space-
craft proved to be adequate and usef\JJ. and, of 
course, a necessity for umnanned operations . In 
this case, the coverage from a given site was more 
dependent upon antenna patterns than the other UHF 
systems, but with minor design changes horizon-to­
horizon coverage is also believed to be ioossible 
with this system. As noted previously, 1~ither 
teletype or voice, or both, were availab:Le to a1l 
of the sites . However, experience bas shown that 
voice facilities to all sites are highly desirable, 
The use of voice has proven to be very Ul3eful in 
providing real-time flight control, as eyidenced by 
the rapid decisions required in the last two orbital 
flights. In conclusion, except for the yoi ce 
requirements, the network facilities proyided in 



pa.st flights appear to be in most cases mor e than 
adequate to support manned orbital flights . 

In order to perform real- time flight control, 
the computing program and the computing complex 
provides the itleart of this capability, Experience 
bas shown that programs can be developed such that 
:rapid decisio1ns can be made within a few seconds 
of almost any foreseeable emergency situation. 
H0"1ever, care.rul attention must be given to the 
data displeys and the method in which these data 
are presented . The clispleys must be simple and 
the actual numbers oi' displeys must be minimized. 
The point to 'be made here is that only the final 
decision- maki:og processes should be displayed for 
bwna.n judgment, and that any processes involving 
arithmetic sh,::,uld be left i'or automati c computer 
decision. Onie of the most significant lessons to 
be gained f r am our experience is the need to bring 
the flight co1r1trol personnel together with the 
computer prog1remers and the computing complex. 
These enginee:rs and mathematicians must work 
together intimately to provide proper flight con­
trol . Also, ·the development and checkout of' the 
programs and displeys require that all of these 
elements be together in one location on a continu­
ous basis . I-t might be pointed out that the com­
puters were u:sed in Project Mercury for making 
only those ca:nputations associated with trajectory 
inf'ormation . Future space programs will require 
computer progr ams and equipment to aid in making 
decisions reg,9.rding spacecraft systems per formance 
and other tas:ks which mey require rapid decision­
making pr oces.ses . 

Flight Simulation 

The most powerful tool developed in con­
junction wit h the Mercury network wa.s the capa­
bility of simulating all phases of the flight . 
The simulatio:o provided training for both the 
astronaut and the flight cont rol teem in all 
aspect s of the :flight operation . In addition to 
training, the simulation facilities provided an 
excellent means of checking all of the network 
fad.::.ities and all0"1ed development of operating 
procedures we.ll in advance of an actual flight 
test . This :f:light simulation proved to be an 
important adjiu.nct to the t r aining of the mainte­
nance and ope:rating people at all of the sites in 
that it provided realistic problems in many phases 
of network operations . 

The flig:bt s:unulation was accomplished with 
the use of t ..,,::, facilities, both of which were pro­
vided with a l~e r cury spacecraft procedures trainer. 
One of t hese .facilities utilized a complete simu­
lation of a r ,emote-site fligbt- control facility . 
The second and most beneficial facility was the 
one developed in conjunction with the Mercury 
Control Cente:r . With this facility, not only 
could the ast:ronaut and the procedures trainer be 
realistically tied in with the control center to 
simulate the :powered phase of the flight, but a 
complet e traj,ectory simulation "1B.S possible by 
using the act1L.tal launch and orbit computer pro­
gremers . Also, by using taped procedures trainer 
outputs, each of the si~es around the network was 
able to simul,ate in the J>roper sequence an entire 
three-orbit r:light . A complete description of 
this system i1s not presented in this paper, but 
the importanc1e of this equipment to the success of 
t he mission c1!UUlot be too str ongly emphasized. 
Although t he .flight- control procedures and ground 
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rules were thoroughly thought out through paper 
studies, the simulation facilities provided the 
best means of proving and improving these :proce­
dures and rules . In fact, a great deaJ. of tbe 
success of the Mercury flights can be clirectly 
attributed to these simulations , 

As previously mentioned, mission rules for all 
phases of the operation beginning with the count­
down and ending rlth recovery were estelblished 
pr evious to each operation. The devele>pment of 
these rules and of the flight- control c:oncepts 
began at tbe same time, which was a considerable 
length o:f time before any of the Mercury flight 
operations . The mission rules were est.ablished in 
an effort to provide f'o.r every concei vetble situ­
ation which could occur onboard the spa.cecraft; 
that is, consideration of both the astronaut and 
the spacecraft systems and all of the c:oncei vable 
ground equipment :failures which could .ttave a direct 
bearing on the flight operation . In ao.dition, 
rules were established in an effort to handle e. 
large number of launch-vehicle malfu.nct.ions . These 
rules of course, dealt primarily with t:he ef'fects 
of a sudden cutoff condition and its effect on the 
spacecraft flight thereafter . As point.ed out, 
these rules were established for the prelaunch, 
powered flight, and orbital flight phases of the 
mission , 

Because of the complexity of the e,ntire oper­
ation and the critical time element of power ed 
flight , it wa.s felt and borne out by fl.ight exper i ­
ence that such s. set of rules was an absolute 
necessity . Of course, it is impossible, to think. of 
everything that can happen; but if most of the con­
tingencies have been anticipated, the rest of the 
t ime can be used to concentrate on the unexpected, 
Also, the simulated flights were an exc:ellent test 
bed for all of these rules and many changes came 
about as a r esult of these tests . Furthermore , 
through simulations of the mal:functions covered by 
the mission rules, s. much better understanding of 
all of the operating problems and spacecraft 
systems was achieved, and a number of pcroblem areas 
wa.s uncovered . Because of the many ope,rs.ting 
problems, the need for this type of operations 
analysis cannot be overemphasized . As a matter of 
fact , such a set of mission rules would be 
extremely useful to the conceptual desi gn of any 
space flight program, ll.Ild it would be beneficial 
to have these rules during the init ial phases of 
the program as a set of design guidelines . 

Flight Control 

The organizational setup to perform control of 
the flight is presented in figure 2 . '.!!his organi­
zation is limited to that group performing direct 
flight control from lift- off to landing. Within 
the Mer cury Control Center the Operations Director 
was, of course, the over- all director of the entire 
flight operation vi.th a Network Commander and a 
Recovery Commander supplying the necessary command­
level support to the operation . The Flight D1:recto1• 
had detailed flight-cont rol responsibility for the 
-flight follorlng lift- off of the space vehicle. The 
organization used to perform the flight control 
activities is as shown by the block dis.gram. There 
was a Support Control Coordinator responsible for 
managing and operating the systems support to the 
Contr ol Center . The Assistant Flight Directors, 
normally several people, provided necessary adminis­
trative and procedural support during b,oth prelaunch 



and the flight operation . The Network Status 
Monitor was reBponsible for the entire Mercury 
network during opera.ting periods a.nd for conduct­
ing tb.e network countdown. The Launch-Vehicle 
Monitor we.s rei;ponsible for monitoring prilne.rily 
the operation c,f the automatic abort system in the 
launch vehicle,, In the bottom row of the diagram 
are the main r:Light- control elements who supported 
the Flight Dirc~ctor and actue.l.ly performed the 
detailed control of the f'light . The Flight Surgeon 
we.s responsible for all of the aeromedical aspects 
of the mission . The Enviromnental Control Monitor 
was responsible for the life-support system within 
the spacecraf't . The Capsule Comwun1cator main­
tained voice c1JllllllUllice.tions with the astronaut 
during the pow,ered :phase of the flight and when 
the spacecraft was over the Mercury Control Center. 
The Capsule Sy1stems Monitor observed all of the 
spacecre.f't systems, such as, the reaction control 
system, attitude control system, and electrical 
control system . The Retrofire Controller we.s 
responsible for all of the times of retrofire 
associated vit:b both the normal and aborted 
flights . The :Flight Dynamics Officer he.d over- all 
control of the computing complex supporting the 
operation, monitored the various trajectory dis­
:pleys indicati.ng launch-vehicle peri'o:rmance, and 
with the computer made the "go-no-go" decision at 
orbital insertion. Al.l of these primary flight 
controllers had responsibility over their respec­
tive areas, not only during powered flight but 
during all of the orbital flight and reentry, and 
made recommendations to the Flight Director on 
their particular systems . 

Figure 3 shows the organization of a typical 
remote site. The capsule Communicator at the site 
acted as the Flight Director for a particular 
location and was responsible by voice and teletype 
to the Mercury Control Center . Ke was the engineer 
responsible for communicating with the astronaut 
and for making any decisions affecting the flight 
operation. He had a. maintenance operations super­
visor responsible for the detailed systems support 
at the site, a, systems monitor who observed all of 
the major spacecraft systems, and, again, an aero­
medical monito,r responsible for the aeromedical 
aspects of the astronaut and the spacecraft . 

Figures 4 and 5 present :photographs of the 
Mercury Contro,l Center and a typical remote site . 
The Mercury :fl.ight experience has shown that this 
size organization is about as big as can be coped 
with and still. perform the flight control task . 
In tbe future, every effort must be made to auto­
mate as Jliaily c,f the systems outputs as possible so 
that only the final systems performance parameters 
are presented to the flight controllers and thereby 
limit the number of engineers required to analyze 
the flight performance . 

Recovery Operations 

The rec0<;rery operations for Project Mercury 
were, of courf;e, one of the largest and more com­
plex aspects of all of the operating plans required 
for the test. The :following discussion is given as 
a description of the forces set up for the orbital 
flight of JobJ:1 Gl.enn. The recovery areas setup for 
this operation can be considered in t"'o broad cat­
egories: Plarmed recovery areas in which the prob­
ability of landing vas considered sufficiently high 
to require Um positioning of location and 
retrieval units to assume recovery within a 

specific time; and contingency recovery areas in 
which the probability of landing was cor.1sidered 
su:fficientl.y low to require only the utllization of 
specialized search and rescue procedures, . 
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The planned recovery areas were a.1.1 located 
in the North Atlantic Ocean as shown in figure 6, 
e.nd table I is a summary of the support positioned 
in these areas at launch time for the MA-6 flight. 

Special recovery teams utilizing helicopters, 
amphibious vehicles, and salvage ships were located 
at the launch site to provide rapid access to the 
spacecraft for landings resulting from possible 
aborts during the late countdown and thEt early 
phase of powered flight . Winds at the ]Launch site 
were measured and the locus of probable landing 
positions :for various abort times were <:omputed to 
facilitate positioning of these recove11r forces . 

Areas A to E supported all probab:Le landings 
in the event an abort was necessitated 11t any time 
during powered :flight . Area A vould contain land­
ings for abort velocities up to a.bout 2l~, 000 feet 
per second, and Areas B, c, D, and E would support 
higher abort velocities where programed use of the 
retrorockets become effective in localizing the 
landing area. Forces as shown in table I vere 
positioned in these areas to provide fo:r location 
and retrieval within a maximum of 3 hou:rs in the 
areas of higher landing probability and 6 hours in 
the area where the probability of landiing was some­
vhat lower. 

Once the spacecraft was in orbita:L f'light, 
Areas F, G, and H "1ere availabl.e for 1.~nding at the 
end of the first, second, or third orbi•ts, respec­
tively. Forces as shown in tabl.e I wer,e available 
to assure location and retrieval vithin. a maxi.mum 
of 3 hours for most probable landing si•tuations . 

Thus, to assure short- time recovery for all 
probable aborts that could occur during powered 
flight and for landings at the end of each of the 
three orbits, a total of 21 ships, 12 helicopters, 
and 16 search aircraft were on station in the deep­
ve.ter landing areas at the time of the :MA-6 launch. 
Backup search aircraf't were available at several 
staging locations to assure maintaining the air­
borne aircraft listed in table I. These forces in 
the planned recovery areas vere all linked by com­
munications with the recovery control center 
located within the Mercury Control Center at Cape 
Canaveral. 

Since it was recognized that cert a.in low 
probability situations could lead to a spacecraft 
landing at essentially any point along the ground 
track over which the spacecraft flies, suitable 
recovery plans and support forces were provided to 
cover this unlikely contingency. In keeping with 
the low probabilities associated with remote land­
ings, a minimum of support was planned for con­
tingency recovery; however, a large force is 
required because of the extensive areas covered in 
three orbits around the earth. The loc,ation of 
contingency recovery units for the MA- 6 flight is 
shown in figure 7. A typical unit cons:ists basi­
cally of two search aircraft specially equipped for 
UlfF/DF homing on spacecraft beacons, point- to--point 
and ground- to-air communications, and para.rescue 
personnel equipped to provide on- scene assistance 
on both land and water. No retrieval forces were 
deployed in support of contingency le.nclings; 



however, procedui.res vere available for retrieval 
support a:f'ter the fact . These search and rescue 
uni ts vere stati.oned at the 16 location.s shovn in 
figure 7 and were all linked by communication.s 
with the recovery control center at Cape Canaveral. 
Throughout the MA- 6 flight, the astronaut was con­
tinually provide,d with retrofiring til!les for land­
ing 1n favorable: contingency recovery areas. How­
ever, the contin,gency forces deployed had the 
capability of flying to any point along the 
orbital track if' required. 

Weather 

As the whole world nov knows, one of the most 
difficult operating problems encountered was the 
weather . Early in the project the NASA solicited 
the aid of the U.S. Weather Bureau in setting up 
an organization to supply pertinent weather infor­
mation, This group developed means for obtaining 
fairly detailed ·weather data along the entire 
three-orbit track of the Mercury mission. This 
information was analyzed in many different ways 
to provide useful operational inf'oI'lllB.tion . For 
instance, detail,ed analysis of the weather over 
the At lantic Oce.an for various periods of the year 
was made to prov:ide a basis of planning the flight 
and to provide a background knowledge as to what 
could be expected to develop f'rom day to day once 
a g1 ven weather :pattern had been determined. As 
a guideline, weather ground rules were established 
on the basis of 13pacecrat't structural limitations 
and recovery operating capabilities . These 
included such deil;ails as wind velocity, wave 
b.eight, cloud coirer, and visibility. During the 
days previous to and on the day of the operation, 
the U.S. Weather Bureau meteorologists provided 
weather informatJlon for all of the preselected 
recovery areas aJ:Ld the launching site. The other 
weather limitation was the result of the desire to 
obtain engineering photographic coverage in the 
launch area. 

~".light Control and 
!!ecovery Operations 

for MA-6 

In order to illustrate how the over-all oper­
ation is conducte,d, the MA-6 flight of John Glenn 
and the flight control and recovery operations 
utilized will be described starting with the ini­
tial countdown an1d ending with the final recovery 
operation. 

The countdO\ln for launching the Mercury-Atlas 
vehicle is conducted in tvo parts . The first part 
is conducted on the day before the launch and 
lasts approximately 4- hours. During this period 
detailed tests of all of the spacecra:f't systems 
are performed and those interface connections 
important to these systems are verified. This 
part of the countdown was conducted with no major 
problems or holds resulting. Approximately 
17 1/2 hours separated the end of this count and 
the beginning of ·the final countdown, and during 
this period the s:pacecra:f't pyrotechnics were 
installed and connected and certain expendables 
such as :fuel and ,oxygen vere loaded. 

At T-390 min1utes the countdown was resumed 
and :progressed without any unusual instance until 
T-120 minutes . DiJiing this period additional 
spacecraft systemJ3 checkouts were performed and 
the Jnajor portion of the launch vehicle countdown 
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WBB begun. At T- 120 minutes a built-in hold of 
90 minutes had been scheduled to assure that all 
systems had been given sufficient time foir checkout 
before astronaut insertion. Illring this J;>eriQd. a 
problem developed with the guidance systei:o. rate 
beacon in the launch vehicle causing an 8'lditional 
45 minute hold, and an additional 10 m1nu1;ea vas 
required to repair a broken microphone bracket in 
the astronaut 1 s helmet after the astronau1; insertion 
procedure had been started. The countdown proceedtd 
to T- 60 minutes when a 40 minute hold was required 
to replace a broken bolt because of misaltnement on 
the spacecra:f't 1 s hatch attachment. At T-!~5 minutes, 
a 15 minute hold vas required to add :fuel to the 
launch vehicle; and at T-22 minutes an adclitional 
25 minutes was required for filling the Uquid­
oxygen tanks as a result of a minor mal..fuc1ction 1n 
the ground su:pport equipment; used t o :P\IIIIIl liquid 
oxygen into the launch vehicle. At T-6 m:l.nutes 
and 30 seconds, a 2 minute hold was requil:ed to 
make a quick check of the network computer at 
Bermuda. In general, the countdown was veiry smooth 
and extremely well executed. A feeling of' confi­
dence was noted 1n all concerned, includil:tg the 
astronaut, and it is probably more than s1.gn1ficant 
that this feeling has existed on the last three 
Mercury- Atlas launches. 

The launch occurred at 9:47:39 a.m. e.s .t. 
on February 201 1962. The powered portion, of the 
flight which lasted 5 minutes and l second. was 
completely normal and the astronaut vas ab,le to 
make all of the planned c0Illlllun1cations and. obser­
vations throughout this period, Through.out this 
portion of the flight no abnormalities were noted 
in either the spacecra:f't systems or in the astro­
naut 's physical condition. The launch-vehicle 
guidance system performed almost perfectly, an.d 
10 seconds after cutoff the computer gave a "go" 
recOllllllendation. The cutoff conditions obtained 
were excellent. 

Table II presents the actual cutoff con­
ditions that were obtained. The altitude .achieved 
was 528, 38J_ feet and the spacecra:f't veloci"ty 
achieved was 25,730 feet per second. The ,other 
significant quantity, flight- path angle, ~as 
- O. o47° at cutoff . The other quantities s ,b.own 1n 
the table give more information on the flight 
parameters . These values include a perige,! of 
86.92 nautical miles, an apogee of 140. 92 1:iautical 
miles, an orbit period of 88 minutes and 29 seconds, 
and an inclination angle of 32,54°. Also 13hown 
are the maximum accelerations achieved dur:lllg exit 
f'rom and entry into the earth's atmosphere;, both of 
these values being 7 . 7g. All of these values vere 
within the expected tolerances for the law1ch 
vehicle and its guidance system. The Mercury- net­
work computing system performed flawlessly through­
out both the powered and orbital phases of the 
flight and provided complete information on the 
orbit, spacecra:f't position, and retrofire i;imes 
necessary for all of the recovery areas, JL com­
parison of the planned and actual times at which 
the major events occurred are given in tabl.e III 
and the times at which all of the network s1ites 
acquired and lost contact with the spacecriLf't are 
presented in table IT, 

The flight test experience which had been 
achieved on the previous Mercury-Atlas orbi.tal 
flights, that is, the MA-4 and MA-5, had given the 
flight control team an excellent opportunity to 
exercise control over the mission. These flights 



were, o.f course, much more di:fficult to control 
and complete successfully because of the lack of an 
astronaut within the spacecraft. All of the analy­
ses and.decisions had to be made on the basis of 
telemetered information from the spacecrai't . The 
presence of an astronaut ma.de the flight test much 
more simple t,o complete, primarily- on the bas;!.s of 
astronaut observations and his capability of 
systems manae;ement . A manned flight, however, 
makes the jo"l:, of monitoring spacecrai't pe-rform.ance 
more complex because of the large number of backup 
and alternate, systems from which the astronaut 
could choose . 

After se:paration of the spacecrai't from the 
launch vehicl.e, the astronaut was given all the 
pertinent data involved with orbit parameters and 
the retrofire times necessary bad immediate 
reentry been required. Following these tra.!ls­
missions, wh:l.ch were primarily from the Bermuda 
site, the astronaut made the planned checks of all 
of the spacecraft control modes using both the 
automatic ancl manual proportional systems • These 
checks indic~Lted that all of the control systems 
were operating s~tisfactorily. AJ.so, the astro­
naut reportecl that he felt no ill effects as a 
result of gol.ng from high accelerations to weight­
lessness, thHt he felt he was in excellent con­
dition, and, as the two previous astronauts had 
commented, that he was greatly impressed with the 
view from tlu.s altitude . 

The first orbit went exactly as pla.IU1ed and 
both the astronaut and the spacecraft performed 
perfectly. C)v-er the Canary Islands' site, the 
astronaut's Hix-to-ground transmissions were 
patched to tlle voice network and in turn to the 
Mercury Conti~ol Center and provided the control 
center and all other voice sites the capability of 
monitoring the transmissions to and from the spe.ce­
crai't in ree.JL-time. This condition existed 
throughout aJLl three orbits from all sites having 
voice to the control center and provided the best 
tool for maintaining surveillance of the flight . 

Except j~or the control systems checks which 
were IDade l)eJCiodical.ly, the astronaut remained on 
the B.Utomati1~ system with brie.f periods on the 
fly- by-wire 13ystem which utilizes the automatic 
control jets . This procedure was as planned so 
that a fixed attitude would be provided for radar 
tracking and so that the astronaut could make the 
necessary reu:iorts and observations during the 
first orbit, Du.ring the first orbit, it was 
obvious from the astronaut's reports tha.t he could 
establish th1e pitch end yaw attitude of the space­
craft with :p:recision by using the horizon on both 
the light an1i dark sides of the earth, and that he 
could also achieve a reasonable yaw reference. 
Aside f'rom tlo.e xylose tablet taken over Kano, he 
had his firs·t; and only food (a tube of applesauce) 
over Canton Island during this orbit and reported 
no problems 1.nth eating nor any noticeable dis­
comforts following the intake of this food. 

During ·t;he first orbit, the network radar 
systems were able to obtain excellent tracking 
data and the,se data, together with the data 
obtained at ,cutoff, provided very accurate infor­
mation on th1e spacecraft position and orbit. AB 
an example, ·between the time the spe.cecrai't was 
inserted int•o orbit and the data were received 
from the Aus-tral.ian sites, the retrosequence times 
changed a to·tal of only 7 seconds for retrofire 

34 

at the end of 3 orbits . This indicated the accu­
racy of the orbit parameters . From this point to 
the end of the 3--orbit flight, using all of the 
available radar de.ta, these times changed only 
2 seconds • The final retrosequence ti.me was 
04: 32: 38 as compared with the time ini•tial.ly com­
puted at cutoff of 04:32:47 and the time initially 
set i~to the clock on the ground before 11:f't- off of 
04 :32:28. All of the network sites received data 
from the spacecraft and maintained communications 
with the astronaut from horizon to horizon, and 
everything progressed in a completely normal 
fashion . Because of the excellent condition of the 
astronaut and the spacecraft, there was no question 
about continuing into the second orbit, and a "go" 
decision was made among personnel at Gu.aymas, 
Mexico, and the Mercury Control Center and 
"forelllOst" the astronaut himself. 

Shortly after the time that the "go" decision 
was made at Guaymas, the spacecraft be,gan to dri:f't 
in right yaw . After allowing the spac,ecraft to go 
through several cycles of dri:f'ting in :y-a.v attitude 
and then being returned by the high thrust jets, 
the astronaut reported that he had no :1- pound jet 
action in lef't yaw. With an astronaut aboard the 
spacecraft, this mal.function was considered a minor 
problem, especially since he still had control over 
the spacecraft with a number of other ,available 
control systems . It should be pointed out, however, 
that without an astronaut aboard the s _pe.cecraft, 
this problem would have been very seri,ous in that 
excessive amounts of fuel would have b,een used; and 
it may have been necessary to reenter ·the space­
craft in some contingency recovery are.a because of 
this high fuel- usage rate . From this :point on the 
astronaut controlled the spacecraft at•titude man­
ually except for periodic checks of thie automatic 
control system. 

During the pass over the control center on 
the second orbit, it was noticed that ·the telemetry 
channel used to indicate that the land.ing bag was 
deployed was showing a read- out which, if true, 
indicated that the landing-bag deploym,ent mechanism 
had been actuated. However, because tlllere was no 
indication to the astronaut and he had not reported 
hearing any unusual noises or noticing any motions 
of the heat shield, it was felt that t:t\,1.s signal, 
although a proper telemetry output, waJS false and 
probably had resulted from the :failure of the sens­
ing switch. Of course, this event cau;sed a great 
deal of analysis to result and later r,equired the 
most important decision of the mission to be made • 

The flight continued with no :t'urther serious 
problems and the astronaut performed t'lle planned 
180° yaw maneuver over Africa to observe the earth 
and horizon while traveling in this di:rection and 
to determine his ability to control. '.Folloving this 
maneuver, the astronaut began to have 1~hat appeared 
to be trouble with the gyro reference ,system, that 
is, the attitudes as indicated by the ,spacecra:t't' s 
inst:ruments did not agree with the vis·Llal reference 
of the astronaut. However, the e.stron,aut reported 
he had no trouble in maintaining the p:roper attitude 
of the spacecraft when he desired to dJo so by using 
the visual reference . Because of the problems with 
the automatic control system, previous.Ly mentioned, 
and the apparent gyro reference proble11n, the astro­
naut was forced to deviate from the fl.ight plan to 
some extent, but he was able to continue aJLl of t he 
necessary control systems tasks and ch-eeks and to 
make a number of other prescribed tests which 



al.lowed both the astronaut and the ground to evalu­
ate his performance and the performance of the 
spacecraft systems . As observed by the ground and 
the astronaut, th.e horizon scanners appeared to 
deteriorate when on the dark side of the earth; 
but when the spacecraft again came into daylight, 
the reference system appeared to improve . However, 
analyses of the data subsequent to the flight 
proved that the horizon scanner system vas 
functioning properly but the changes in spacecraf't 
attitudes that resulted from the maneuvers per­
formed by the astronaut caused the erroneous out­
puts which he noticed on the attitude instruments . 
It has been known that spurious attitude outputs 
would result if the gyro refer ence system were 
al.lowed to remain in effect during large devi­
ations from the normal orbit attitude of o0 yaw, 
o0 roll, and - :,4° pitch and this was apparently 
the case du.ring the 1806 yaw maneuver which was 
conducted over Africa. This condition will be 
alleviated in fut·ure flights by allowing the 
astronaut t o disc,onnect the horizon scanner 
slaving system anod. the programed precession of 
the gyros which preserves the local horizon vhiJ.e 
he is maintaining attitudes other than the normal 
spacecraft orbit ,attitude . 

As the "go-uo- go" point at the end of the 
second and beginning of the th.ird orbit approached, 
it was determined that although some spacecraft 
malfunctions had ,occurred, the astronaut continued 
to be in excellent condition and had complete 
control of the sp:~cecraf't . He was told by the 
Hawaiian site tha·t the Mercury Control Center had 
made the decision to continue into the third orbit . 
The astronaut coni~urred, and the decision ,.,as made 
to complete the tltlree- orbit mission. 

One other problem which caused some minor 
concern \/8.6 the increase in inverter temperatures 
to values some,1ha.t above those desired. It 
appeared, and the flight test results con.firmed, 
that the cooling Bystem for these inverters was 
not functioning , However, recent tests made pre­
vious to the fliglat had sho-,m that the inverters 
could withstand these and higher operating temper­
atures . The resU.:Lts of these tests caused the 
flight control people to lllin:lmize this prob.Lem, 
and. it v as decided that this minor malfunction was 
not of sufficient IIIBgD.itude to terminate the flight 
after the second orbit . Furthermore, a backup 
inverter was still available for use had one of the 
main inverters fa:lled during the third orbit . 

During the third orbit, the apparent problems 
vith the gyro reference system continued and the 
automatic stabiligation and control system (ASCS) 
malfunctions in tile yaw a.xis were still evident . 
However, these problems were not major a.od both 
the ground and the astronaut considered that the 
entire situation was well under control. This was 
primarily because of the excellent condition of the 
astronaut and his ability to use visual references 
on both the dark and. light sides of the earth, and 
the fact that most of the control systems \/ere 
still performing perfectly . The one problem vhich 
remained outstanru_ng and =esolved ws the deter­
mination of \/hethE!r the heat- shield deployment 
mechanism had been actuated or whether the teleme­
try signal was fa]_se due to a sensing switch 
failure . During i;he pass over Hawii on the third 
orbit, the astronaut was asked to perform some 
additional checks on the landing- bag deployment 
system. Although the test results were ne~ative 
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and further indicated that the signal was false, 
they were not conclusive , There were still other 
possible malfunctions and the decision \las made at 
the control center that the safest path to take ws 
to leave the retropackage on following ret.rofire . 
This decision ws l!lade on the basis that the retro­
package straps attached to the spacecraf't and the 
spacecra.i't heat shield ,1ouJ.d maintain the heat 
shield in the closed position until sufficient 
aerodynamic force was exerted to keep the shield 
on the spacecraf't . In addition, based on ,studies 
made in the past, it was felt that the ret,ention of 
the package would not cause any serious dal~e to 
the heat shield or the spacecraft during the reentry 
and would burn off during the reentry heat pulse . 

Also over the Hawaiian site, the ast:ronaut 
went over his retr osequence checklist and _prepared 
for the retrofire maneuver. It ,1as agreed that the 
flight plan \/Ou1.d be followed and that the retro­
fire maneuver would take place using the ~~tomatic 
control system, with the astronaut prepared to take 
over manually should a malfunction occur. Addi­
tional time checks were also made over Haw;ni to 
make sure that the retrofire clock was pro:perly set 
and synchronized to provide retrofire at tlne proper 
moment . The astronaut him.self continued to be 1n 
excellent condition and showed complete co1a.fidence 
in his ability to control ,my situation ,1h:Lch might 
develop. 

The retrofire maneuver took place at pre­
cisely the right time over the California 1;ite and, 
as a precautionary measure, the astronaut :performed 
manual control along with the automatic control 
during this maneuver. The attitudes during retro­
fire were held -within about ; 0 of the nominal atti­
tudes as a result of this procedure, but large 
amounts of fv.el ..,ere expended, Following 1~b.1s 
maneuver, the astronaut was instructed to iretain 
the retropack.age during reentry and \las noi~ified 
that he would have to retract the periscope manu­
ally and initiate the return to reentry ati:,i tude 
and the planned roll rate because of this :Lnter­
ruption to the normal spacecraft sequence of events. 

Follo,ilng the firing of the retrorockets and 
,ilth subsequent radar track, the real-time com­
puters gave a predicted landing point . The pre­
dictions -were vitW n a smaJ.l distance of \/here the 
spacecraft and astronaut ,1ere finall,y retr:leved. 
As far as the ground ,,as concerned, the reimtry 
into the earth's atmosphere was entirely normal. 
The ionization blackout occurred Within a j~ew 
second.s of the expected time and although voice 
communications rlth the astronaut were l os1; for 
approximately 4 minutes and 20 seconds, the C-band 
radar units continued to track throughout this 
period and provided some coni'idence that aJ_l was 
well throughout the high beating period, As it 
might be expected, voice co111111W1ications received 
from the astronaut .following the ionization black­
out period resulted in a greKt sigh of reli.ef 
\/1 thin the Mercury Control Center. The astronaut 
continued to report that he vas in excellent con­
dition after this time, and the 1·eentry sequence 
from this point on was entirely normal . 

A number of spacecraf't control problems were 
experienced following peak reentry acceleration, 
primarily because of the method of control used 
during this period. In addition1 l arge amounts of 
fuel from both the manual and au:tumatic sye:tems had 
been used and finally resulted ir• fuel depl.etion of 



both systems ,just previous to the time that the 
drogue chute 1;,as deployed. The results of these 
flight tests Jo.ave indicated that somewhat differ­
ent control p:rocedures be used during this period 
for the next :flight . 

The communications vi.th the astronaut during 
the latter st.ages of descent on both the drogue 
and main para,chutes were excellent and allowed 
co=unicatiollJs with either the astronaut or the 
recovery forc,es throughout this entire descent 
phase and the recovery operations which took place 
following the landing . The landing occurred at 
2:43 p .m. e . s .t. after 4 hours, 55 minutes, and 
23 seconds of flight . 

Recovery forces in all areas were notified of 
mission progress by the recovery control center . 
Based on mission progress, units located at the 
end of the third orbit knew they were to became 
involved, and figure 8 presents recovery details 
in the MA- 6 landing area. An aircraft carrier 
with retrieval helicopters was located in the 
center of the planned landing area, one destroyer 
was located about 40 nautical miles downrange, and 
a second destroyer was located about 40 nautical 
miles uprange . Telemetry and search aircraft were 
airborne in the areas as shown . Af'ter the retro­
rocket maneuver and about 15 minutes prior to the 
estimated tim.e of landing, the recovery control 
center notified the recovery forces that according 
to calculations, the landing was predicted to 
occur near the uprange destroyer as shown in 
figure 8 . Tb.e astronaut -was also provided with 
this inf'ormation by the Mercury Control Center as 
soon as communications were reestablished after 
the spacecraft emerged from the ionization black­
out . Lookouts aboard the USS Noa, the destroyer 
in the uprange _position, sighted the main para­
chute of the spacecraft as it descended below a 
broken cloud layer at an altitude of about 
5, 000 feet from a range of approxi.ma.tely 5 nauti­
cal miles . Communications were established 
bet-ween the spacecraft and the destroyer, and a 
continuous flow of information was passed through­
out the remainder of the recovery operation . 

In this case, location was very straightfor­
ward in that a retrieval ship gained visual 
contact durin,g spacecraft landing. However, as a 
matter of int,erest for future operations since 
visual sightings are probably the exception rather 
than the rule·, other spacecraft location ini'or­
mation availa.ble soon after landing is also 
plotted 1n fi.gure 8 . The SOFAR fix was approxi­
mately 4 naut.ical miles from the landing point, 
and the first. two KF/DF fixes were within approxi­
mately 25 mil.es of the actual spacecraft _position . 
This landing information, along Yi.th the calcu­
lated landing position provided by the Mercury 
network, woul.d have assured bringing search air­
craft within UHF /DF range. In fact, the airborne 
search aircrect't in the landing areas obtained 
UHF/DF contac:t with the spacecraft shortly after 
beacon activeltion at main parachute opening; how­
ever, it was the Noa's day and she was on her way 
to retrieve. 

The Noa had the spacecraft aboard 20 minutes 
after landi~;. Figure 9 shows the spacecraft as 
it is being l.owered to the deck , Astronaut Glenn 
remained in '!;he spacecraft during pickup; and 
after it was _positioned on the ship's deck, he 
egressed from the spacecraft through the side 
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hatch. Original plans had called for egress 
through the top at this time; ho-wever, the astro­
naut was becoming uncomfortably warm ai~d decided 
to leave by the easier egress path . 

In making the pickup, the Noa maneuvered 
alongside the spacecraft and engaged a hook into 
the spacecraft lif'ting loop . The hook is rigged 
on the end of a detachable _pole to fac:ilitate this 
engagement and the lifting line is rigi;ed over one 
of the ship ' s regular boat davits as sltlown in 
figure 9 . A deck winch is used for inltiauling the 
lifting line, and when the spacecraft :ls properly 
_positioned vertically, the davit is ro·tated inboard 
to position the spacecraft on deck . A brace 
attached to the davit is lowered over ·the top of 
the spacecraft to prevent swinging onc,e the space­
craft is clear of the water . 

Each ship in the recovery force h,9.d embarked 
a special medical team consisting of two doctors 
and one technician to provide medical ,:are and/or 
initial _postflight medical debriefing, For the 
MA-6 mission, _postflight medical debri,ef'ing was 
the only requirement and was completed onboard the 
Noa in about 2 hours after pickup . The astronaut 
-was then transferred to the aircraft carrier for 
further transfer to Grand Turk Island, and he 
arrived there approximately 5 hours a:f'ter landing. 
Additional engineering and medical deb:riefings 
were conducted at Grand Turk, 
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Figure 5 ,- Photogr aph of a typical remote site . 
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TABLE I. - MA- 6 RECOVERY FORCES FOR THE PLANNED RECOVERY AREAS 

Area 

Launch 

A 

B,C,D,E 

F,G,H 

Total 

Maximum 
Number of Number of Number of recovery time, 

search aircraft helicopters ships hr 

site --- 3 --- short 

6 --- 8 destroyers 3 to 6 

1 each --- 1 destroyer each 3 to 6 

2 each 3 each. 1 carrier each 
3 2 destroyers each 

16 12 21 ---

TABLE: II.- FLIGHT CONDITIONS 

Cutoff conditions : 

Altitude, ft 

Velocity, ft/sec 

Flight -path anglie , deg 

Orbit parameters : 

Perigee altitude, nautical miles 

Apogee altitude, nautical miles. 

Period, min:sec . .•. • 

Inclination angle, deg 

Maximum conditions : 

Exit acceleration, g units 

Exit dynamic pressure , lb/sq ft 

Entry acceleration, g units . 

Entry dynamic pressure, lb/sq ft 

39 

528,381 

25,730 

-0.047 

86. 92 

140.92 

88 :29 

32.54 

7. 7 

982 

7. 7 

472 



TABLE III. - SE:QUENCE OF EVENTS DURING MA- 6 FLIGHT 

Planned Time 
a Actual Time, 

Event 
, 

hr:min: sec hr: min: sec 

Booster- engine cutoff 00: 02: 11. 4 00:02 : 09. 6 

Tower release 00: 02: 34 . 2 00. 02: 33 . 3 

Escape rocket firing 00: 02: 34. 2 00: 02: 33.4 

Sustainer- engine c:utoff 00:05:0l. 4 
( SECO) 

Tail- off complete 00: 05:03.8 00: 05 : 02 

Spacecraft separation 00: 05:03 . 8 00: 05: 03.6 

Retrofire ini tiati.on 04: 32: 58 04 : 33: 08 

Retro (left) No. l 04: 32: 58 04: 33: 08 

Retro (bottom) No. 2 04: 33: 03 04: 33 : 13 

Retro (right) No. 3 04: 33: 08 04 : 33: 18 

Retro assembly jettison 04: 33: 58 (b) 

0 . 05g relay 04: 43: 53 C04 : 43 : 31 

Drogue parachute deployment 04: 50: 00 04: 49: 17. 2 

Main parachute deployment 04: 50: 36 04: 50: 11 

Main parachute jettison 04: 55:22 04: 55: 23 
(water impact) 

8 Preflight calculated, based on nominal Atlas per formance . 

b Retro assembly kept on during r eentry. 

C The 0 . 05g relay ,Nas actuated manually by astronaut when he 
was in a "smaLL g field. " 
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TABLE IV. - NETWORK ACQUISITION TIMES FOR MA-6 FLIGHT 

Telemetry Signal Voice Reception 

Acquisition, hr: mJ,~: sec Loss . hr:min: sec Frequency Duration, hr:min:sec 

00: 00:00 
00:03: 02 

00: 14: 15 

Not in range 
00: 21: 13 
00: 2C!: 51 
00: 40: 02 
00: 49: 21 
00: 54 : 00 
01: 09: lJ 

Not in range 
01: 26: 41 

01: 26: 47 

01: 29 : 24 
01: 32:00 
01: 33: 20 
01: 36: 38 
01: 47: 55 
01: 51: 54 
01: 54: 47 
02: 04: 05 
02: 12: 17 
02: 22: 51 

02: 27: 36 
02: 42: 51 
02: 40: 01 
02: 58: 11 
02: 59: 5Q 
03: 03: 14 
03: 05: 35 
03: 00: 51 
03: 09: 5u 

Not in range 
03: 24: 44 

Hot in range 
flot in range 

03: 46: 55 
03: 56: 31 

04 : 03: 1,-:-
Not in range 

04: 21: 40 
04: 31: 17 
04: )3: 44 
04 : 36:53 
04: 39: 00 
04: 40: 52 
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00:06: 20 
00: 10: 26 

00: 21: 23 

00: 28: 21 
00: 37: 51 
00: 48: 31 
00: 57: 55 
01: 02: 41 
01: 17: 42 

01: 31: 23 

01: 33:25 

01: 36: 18 
01: 37: 05 
01: 40:03 
01: 43: 53 
01: 53: 58 
01: 58: 31 
02: 01 :21 
02: 10: 51 
02: 22:09 
02: 31: 2;i 

02: 35: 45 
02: 49: 45 
02: 55:19 
03: 04: 48 
03: 06: 44 
03: 09: 39 
03: 12: 07 
03: 13: 46 
03: 17: 03 

03: 32: 25 

03: 56: 49 
04: 04: 12 

04: 06: 1a 

04: 28: 49 
04: 37: 57 
04: 39: 49 
04: 42: 32 
04: 42: 52 
04: 1'2: 55 

UHF 
UHF 
HF 
UHF 
HF 

UHF 
UHF 
UHF 
UHF 
UHF 
UHF 
HF 

UHF 
HF 

tJJ-IF 
HF 
UHF 

UHF 
UHF 
UHF 
UHF 
UHF 
UHF 
UHF 
UHF 
HF 
UHF 
m-rr 
UHF 
UHF 
UHF 
UHF 
UHF 
tn{F 
Uh"F 
HF 
HF 
tJJ-IF 
HF 
HF 

HF 
HF 
HF 
HF 
lftfF 
HF 
UHF 
HF 
UHF 
tniF 
UHF 
UHF 
UHF 
tnlF 

00:00:00 to 00: 05:30 
00: 03: 30 ta 00:09: 30 
00: 11:00 ta fev sec 
00: 15:00 to 00:23:00 
00:12: 00 to 00:14:00 

00:22:00 to 00:29:00 
00:2::1:00 to 00:38:00 
00:41: 00 to 00:48:00 
00: 50: 00 to 00:58:30 
00:56: 00 to 01:03: 00 
01:oq: oo to 01,15: 30 
01: 03: 30 to 01:04: 00 

01: 27: 30 to 01:30: 00 
01: 19: 00 to 01: 25:30 
01:26: 00 to 01:33: 30 
01: 20: 30 to 01:26:00 
01:28: 30 to 01:36:30 

01:33: 30 to 01:40: 00 
01:37: 30 to 01:42:00 
01: 48:00 to 01: 55:30 
01:53: 00 to 01:58: 00 
01:55: 00 to 02: 01: 00 
02: 04:00 to 02:11: 00 
02:13: 00 to 02:22: 00 
02:25: 00 to 02: 32: 30 
02: 23: 30 to 02:24: 30 
02:28: 00 to 02:37: 00 
02:42: 30 to 02:49: 00 
02: 49: 00 to 02:55: 30 
02: 58: 30 to 03:04: ;iO 
03:00: 30 to 03: 0f: 30 
03:03: 30 to 03:lJ: 30 
03: 07: 30 to 03: ·2: 30 
03: 07:00 to 03: 14: 00 
03: 09: 00 to 03:16: 30 
03:16: 30 to 03:18: 00 
03: 20: 00 ta 03: 25: 00 
03: 26: 30 to 03: 30: 00 
03: 25: 00 to 03: 26: 30 
03: 30: 30 to 03: 32:30 

03: 30:00 to 03:32: 30 
03: 40: 00 to 03: 41 : 30 
03: 44 : 00 to 03: 44: 30 
03: 47: 00 to 03: 55: 00 
03: 58: 30 ta 04 :04:00 
03:57: 00 to 03: 58:00 
04: 03:00 to 04:07:00 
04: 15: 30 to 04: 21: 00 
04: 20:30 to 04: 30: 30 
04: 31: 30 to 04: 38: 30 
Oli: 33: 30 to 04: 40: 30 
04: 38: 00 to 04:39: 30 
04: 39:00 to 04 : 43: 30 
04:40: 30 to 04: 43: 30 



LIFE SCIENCES ACTIVITIES ASSOCIATED wrrH PROJECT MERCURY 

Stanley C. White, M.D. 
Chief, Life Systems Division 
NASA Manned Spacecraft Center 

C. Patrick Laughlin, M.D. 
Assistant Resident in Internal Medicine 

University Hospitals of Cleveland, Cleveland, Ohio 
(Formerl,y with NASA Manned Spacecraft Center) 

Introduction 

Fifteen years of speculation and stu.dy con­
cerning the problelll.6 of placing man into space 
flight produced a mass of reports which c.ontem­
plated the hurdles and suggested solution.s needed 
to permit s afe fli ght • The accumulation of prob­
lems occurred in all disciplines. Thls c,ould have 
been expected because the area of studY was in the 
unknown, and speculation and calculation were the 
only methods of attack until flight data could be 
obtained. 

The Life Sciences community was as 1>rolific 
in the identification of potential problem areas 
as the other scientific disciplines . The arrival 
of the era of manned space flight offers the oppor­
tunity to assess the problems directly and to 
define what is speculation and what is problem. 

This paper will discuss two areas of life 
sciences activities during the Project Ml:ircury 
progr8111. The f'irst area will review the life­
support activities associated with t he s,iacecraft 
development and the provisions for the aHtronaut. 
The second area will present a summarization of 
the data concerning man's ability to 11 v~i and work 
in this new environment and will attempt to present 
an analysis of the significance of the flndi.ngs in 
light of future flights . 

Life-Support Activities on the Spacecraf't, 

Early in the development program of Project 
Mercury, the decision which established the astro­
naut as a vital and functioning segment of the 
spacecraft systems and flight plan was made. This 
decision affected the entire life support effort 
-more than any other single event . The required 
provisions within the spacecraft were abJLe to be 
defined. All systems which had the astronaut as 
an integral link were designed and tested to pro­
via.e a reliable astronaut in the system. The crew 
station was provisioned to complement ttu~ expected 
capabilities of the astronaut. A fuJJ. d:lsplay of 
cockpit instruments was incorporated. The concept 
of using a full cockpit of instruments was con­
sidered to be a better procedure than one which 
called for refitting the spacecraft afteir the capa­
bility of man was demonstrated, If f1igbt experi­
ence dem:mstrated that instruments were not needed 
or could not be used depend.abl,y by the ai,tronaut, 
they would be easil,y removed or inactivated . The 
associated controls to permit the astrom:1.ut to 
backup the systems manually or to select an alter­
nate system were provided. Their orientation was 
such that the relationship of one to ano·~her 
allowed natural operation by the astronaut while 
be was restrained within his couch and h19.I"tless. 
Additional studY was made to assure noriru9.l function 
of the pilot i.rhile wearing the 1'u.ll pres sure suit . 
Logical grouping of the instruments and ·their 
placement in the panel were determined t :hrough 

repeated operational flight silllulations . These 
test silllulations used the most up-to-date flight 
procedures to represent the data needed and astr o­
naut action required during each phase of flight . 
Controls were moved when more positive availability 
for operation was shown to be needed. Sizing of 
the switches, spacing of one control from the other, 
color coding of the groups of instruments, and 
selection of the calibration on the face of the 
instruments were studied to permit efficient action 
by the astronaut whi.le using the pressure suit in 
both uninf'lated and inflated states . Couch, suit, 
and crew station were treated as an integral prob­
lem . One or all were modified as necessary to pro­
vide a more efficient astronaut . 
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The design criteria for the life- support 
systelll.6 aboard the spacecraft provided a sea-level 
equivalent man, as far as function was concerned, 
under normal flight operations . The environmental 
system provided an atmosphere of 5 psia consisting 
of nearl,y 100 percent oxygen partial pressure. The 
proposal to use this atmosphere raised the question 
of man's tolerance to such an oxygen-rich atmos­
phere . Earlier studies had been ms.de which demon­
strated that oxygen toxicity would not produce 
difficulty for the durations of flight :proposed in 

1 the Mercury program. Ho;,ever, the problem of 
atelectasis associated with prolonged 100 percent 
oxygen exposure was found in ea:rl,y test programs. 
This problem was due to the lack of the normal 
atmospheric nitrogen within the small alveoli of 
the lung and was aggravated by the position of the 
astronaut in the couch and the compression of the 
chest associated with launch and entry acceleration. 
During the early studies on a centrifuge, the lung 
areas affected vere v:l.sualized through chest X-rays 
and the methods of resolving this problem were 
.studied. It vas found that schedul.ed deep 1.nhaJ.a­
tions and periodic voluntary coughs were adequate 
for the prevention of alveolar collapse and would 
permit reinflation after collapse . This easy solu­
tion for the problem permitted the continued use of 
a 100 percent oxygen system. Therefore, the most 
simple and reliable closed envir onmental system 
could be used in the Mercury spacecraft. 

The acceleration- protection sysiem, through 
the development of the contoured couch and the 
extension of the astronaut's tolerance to the levels 
of the anticipated emergency accalerations, per­
mitted the safe removal of the astronaut from a 
failing booster under all flight emergencies . The 
advances in the couch and tolerance data did more 
to make manned flight possible, during the earl,y 
phases of the Mercury program, th8Jl any other area 
of work. Early studies had shown that emergency 
acceleration :profiles would double the known accel­
eration tolerance levels • The contoured couch per­
mitted manned centrif'uge flights to reach acceler-

2 ation of 21g . Even though physiological changes 
were seen during the high levels of exposures, the 



changes vere reversible a:od no residual a.amage 
could be found. With this new level of a.emon­
strated tolerance, man could accept all IJ1ormal and 
emergency flight accelerations . The sol1J1tion of 
thl.s part of the problem left only the leLOding­
impact forces to be studied. The impact t olerance 
of = was established through the de.ta f'rom the 
rapid deceleration tests performed by Colonel John 

P . Stapp. His final series of tests3 gav-e the 
upper limits for injury with the ability for full 
recovery . The design of the crushable structure 
.for use under the couch kept the emergenc,y landing 
loads imposed u_pon the astronaut to with.i.n these 
tolerance levels . However, the anticipated rate 
of onset of the landing accelerations exc:eeded the 
known tolerance data. Programs were ce.rl·ied out 
to demonstrate that these rates of onset were 
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acceptable for water landings . The required pro-
visions for land landings dictated the need for 
the addition of the impact skirt in order that the 
multidirectional lateral loads could be kept 
within the known data. limits . The test progra.ms 
and measured landing loads from flight ve,hicles 
have been assessed by Mr. Peter Armitage at the 
Manned SpacecreJ:'t Center and the results have 
demonstrated that the acceleration protec:tion 
system is safe for water and land , 

The prime requirement established for the 
biomedical data-gathering system was the provision 
of instruments for the a.ssessment of the astronaut 
status as pa.rt of the :flight safety program. Af'ter 
this requirement had been met, the remainder of 
data collection ...as directed toward answering the 
many biomedical questions which had been raised 
concerning man in the new environment . '.!~be data 
indicating the adequacy of the operation of the 
environmental system were invaluable becELuse it 
complemented the information gathered f r om the 
astronaut directly, The correlation of e:ystem 
in.formation and information provided by t:be man 
was possible through the provision of a normal 
sea- level f'unctioning man . The data coll.ected 
plus the astronaut's voice reports have s;iven an 
excellent profile of the astronaut's stat:us 
throughout the flights . The clear, concj.se, and 
accurate reports have con.firmed that man and his 
spa.cecra..t't did well while operating in tbe new 
environment . 

The astronauts assigned the responsi.bility 
for surveillance of the life- support aree~ were 
valuable in providing the technical and oper­
ational transition needed to assure that the 
systems vere adequate for flight . Their experi­
ence in aircraft was made available to the bio­
scientist and engineers working on the li.fe 
systems area . They frequently pa.rticipat,ed in the 
testing of equi:pment and offered guidance· on fur­
t her improvements. As the specific astronaut was 
chosen for a flight, the relationship on the flight 
readiness of the life- support system becalllle more 
personalized and minor changes were incorporated 
in the equipment vhich would aid the accccrnplish­
ment of the flight plan . Posti'light critiques of 
the life- support systems were made, and new 
changes such as the addition of wrist bes.rings and 
the fingertip lights on the gloves of the 1'ul.l 
pressure suit were incorporated af'ter the astro­
naut bad recol!Dilended their incorporation . New 
ideas and the prototype units were discussed and 
demonstrated to the astronauts . Their re·present­
ati ve solicited the group astronaut opinion and 

then worked toward the integration of the desired 
changes into the system. 

Each decision concerning the addition of 
support for man was based upon comprehensive dis­
cussions before it va.s implemented. Wbexe conflict 
betveeo .further automatic or manual equipment was 
encountered, the functioning man won. As the 
program progressed, more backup devices became 
manual . Tlu-ougb the combined effort of all o.f the 
disciplines required for the development of the 
spacecreJ:'t, = has been _pl.aced into the space 
vehicle, and the vehicle has been ready to receive 
him, 

Summary of Mercury Manned Flight Medical 
Data and Implications for Future Flight 

Detailed medical data resulting from the 
manned flights in Project Mercury have been pre­
sented in Government technical documents and 

coni'erences following each of the flights ,5 , 6,7,B 
The purpose of this discussion is to review the 
medical i.ni'ormation and, more importantly, to dis­
cuss the implications of this experience on l.if'e­
science :planning and future activities. 

As a matter of convenience the medical data 
have been divided into two source areas: (1) the 
preflight and post.flight physical and laboratory 
examinations, and (2) the physiological information 
from the countdown and flight, which includes the 
astronauts ' voice reports and the spacecreJ:'t bio­
instrumenta.tion . Comparative control data vere 
obtained f'rom prior clinical examin~tions, centri­
fuge training session~, procedure trainers and 
launch countdown practices. 

Physical Examination Data 

Extensive clinical examinations were accom­
plished on the flight astronauts by a medical spe­
cialty group during the final days prior to launch . 
A preflight physical. evaluation was ma.de by the 
astronauts' Flight Surgeon on la1JLOch morning ju.st 
prior to suiting . The post:flight examination con­
sisted of two parts, a cursory checkout on the 
recovery ship as soon as the astronaut was a.board 
a.nd a detailed appraisal at a down-range debriefing 
site (either Grand Baharoa. or Grand Turk Island) by 
the initial medical specialty group. AU of these 
examinations included the collection of blood and 
urine samples . 

MR-3 Flight .- Astronaut Alan B. Shepard, who 
made the MR- 3 flight, had a preflight physical 
examination a.t Cape Canaveral approxilllately 
T- 8 hours. (T represents la1JLOch time.) His post­
flight examinations were at T+45 minutes (shipboard) 
and T+3 hours (Grand Bahama Island) . Positive 
findings were limited to a ,-pound veight loss, and 
a few rales hes.rd a.t the base of both lungs which 
cleared with coughing. llis general condition was 
excel.lent. The physical findings and laboratory 
studies were all within the control clinical obser­
vations ma.de in association with Astronaut Shepard's 
centrifuge training. 

MR- 4 Flight .- Astronaut Virgil I. Grissom was 
examined for the MR-4 flight at approximately 
T-7 hours (Cape Canaveral.), T+30 minutes (shipboard) 
and T+2 hours (Grand Bahama Island). A 3-pound 
weight loss WS.S' recorded. The sin.king o.f the 



spacecraft and his subsequent exertion in the sea 
during recovery were reflected in the fa.tigue and 
elevated pulse and respiration rates observed 
aboard the recovery vessel. All vital signs had 
returned to normal at the Grand Bahama d.ebriefing 
site examination. No other significant physical 
findings were observed. 

MA- 6 Flight .- Astronaut John Glenn's final 
preflight physical examination for the ~lA- 6 flight 
was completed at approximately T-6 hours, 30 min­
utes ( Cape Canaveral) • Postfligbt exami.nations 
were at approxilnately T+6 hours (shipboaLX'd) and 
T+l.2 hours (Grand Turk Isl.and). The rec:overy 
physicians reported a clinical impression of mild 
dehydration and fatigue . An approximate, 5-pound 
veight loss was recorded , Vital signs (tempera­
ture, blood pressure, pulse, a.nd respire,tion rates) 
were all within prelaunch values . There, were 
superficial abrasions on the second and third 
fingers of the right hand caused by recciil of the 
explosive hatch actuator plunger . The remainder 
of the physical examination was unremarl!:able . 

In summary, the preflight clinical exami­
nations revealed no abnormalities. The postflight 
examinations all disclosed a heeJ.thy ast.ronaut 
with no findings that could be specificELl.ly attri­
buted to space flight . Certain of the c:ompaLl'ative 
preflight and postflight blood and urine, data vere 
interpreted as consistent with the occUITence of 
stress while other values were believed to be 
normal fluctuations . 

Physiological Data 

Physiological data were available i'rom the 
time of astronaut insertion into the SpELcecraft 
until be disconnected the biosensor plug from the 
suit as part of the landing procedure • Bioinstru­
mentation utilized in all flights consisted of two 
electrocardiograph leads, a respiration rate 
thermistor, and a rectal temperature thEirmistor . 
A blood pressure measuring system, siJnil.ar to the 
clinical (indirect auscultatory) method, was added 
to the MA-6 spacecraft . The countdown nnd flight 
records were generally of excellent qua1.ity with 
the exception of the respiration rate trace . In 
addition to the biosensor data, the pilot's sub­
jecti ve evaluation of body sensations and the film 
from the pilot-observer camera provided important 
sources of inf'ormation. 

MR-3 Flight.- In the MR- 3 suborbitELl mission, 
the t otal biosensor monitoring time was approxi­
mately 4 hours and 30 minutes . The actual flight 
duration from lift- off to water landing was 
15 minutes and 22 seconds . 

Pulse rates during countdown vere well 'llithin 
expected ranges • A high of 138 beats per minute 
,.,as recorded at spacecraft separation aI1d a down­
,.,ard trend ensued during the following :i minute 
zero-gravity interval. Pulse rate rose to a high 
of 132 beats per minute during reentry and ,.,as 
lll beats per minute at loss of telemetry signal . 
The electrocardiogram waveform showed no signifi­
cant variation during the countdown and flight. 
Body temperature remained near 99° F for the 
entire countdown and flight . Respiration rate 
during the countdown and flight was sim:ILlar to 
rates noted at centrH'uge training runs " 

Astronaut Shepard reported no disturbing 
sensations with zero- gravity and both launch and 
reentry accelerations were well toler ated , 

MR- 4 Flight .- Physiological data for the MR- 4 
suborbital :flight were recorded for approximately 
3 hours and 35 minutes; 15 minutes of which was 
flight time , Pulse rates averaged 80 beats per 
minute during countdown, 138 beats per minute at 
lif't- of:f, and increased to 1.62 beats per minute at 
spacecraft separation . A high o:f 1.71 beats per 
minute vas recorded at retrofire, declining gradu­
ally through reentry to 137 beats per minute at 
loss of telemetry signal , The electrocardiogram 
revealed only sinus tachycardia . Rectal temper­
ature did not fluctuate significantly during the 
flight . Respiration rates VSLX'ied from 12 to 24 
breaths per minute during countdown, but because of 
poor trace quality in- flight data were not obtained. 

Astronaut Grissom reported no umpleasant feel­
ings while weightless . A brief tumbling sensation 
was felt at booster engine cutoff which lasted only 
a few seconds . Hearing and visual acuity remained 
undisturbed. 

MA- 6 Flight .- The total monitoring time for 
the MA-6 orbital flight was 8 hours and 15 minutes 
of which 4 hours and 53 minutes was actual flight 
time. Pulse rate during countdown varied from 56 
to 86 beats per minute with a mean of 68 beats 
per minute . A.t lift- off, the pulse rate was 
110 beats per minute, rising to 114 beats per min­
ute at spacecraft separation, then apparently 
stabilized through weightlessness with a mean of 
86 beats per minute . The highest pulse rate, 
134 beats per minute, occurred during reentry at 
the time of maximum spacecra.f't oscillation. 

Analysis of the electrocardiogram showed some 
variation in the origin of the heartbeat during the 
countdown which was not present during flight . 
These findings were believed to be within the range 
of normal physiological stress responses . Respi­
ration rates were within expected values throughout 
the countdown and flight . Body temperature 
declined during the countdown as a result of 
external cooling of the suit circuit . There ,_,as a 
gradual rise after lift-off, increasing about 2° F 
for the entire flight, reflecting normal body 
temperature regulation . 

Astronaut Glenn's in- flight commentary and 
postflight debriefing remarks indicated that vision, 
hearing, food chewing, swallowing, and urination 
were normal during flight . Deliberate attempts to 
stimulate the vestibular system did not produce a:ny 
disturbing symptoms . 

As pointed out in prior reports, the Mercury 
Redstone suborbital flights did not provide enough 
time to establish physiological trends, and no 
observed medical data could be specifically attri­
buted to weightlessness . However, the Mercury Atlas 
orbital flight of Astronaut Glenn provided suffi­
cient time for physiological responses to apparently 
stabilize, and trend information was obtained . 
Perhaps the most valuable medical observation ma.de 
from each of the m<J.Dned flights was that all the 
physiological and clinical examination data were 
consistent with normal function . This finding was 
supported by the competent performs.nee displayed by 
each of the astronauts during space flight . 



Discussion 

AE, observed f r om the United States f'.Lights to 
date, no specific medical problems peculi1ll" t o 
weightlessness have been defined. No di:f:ficulty 
has been experienced by the astronauts in toler­
ating the acceleration associated with l a,.mch and 

reentry. Available Russian cosmonaut dat,9.9 indi­
cate similar observations vith the except:ion of 
the symptomatology r eported by Titov afte:r about 
6 hours of weightlessness . Although not definite, 
the Russian reports suggest that some disturbance 
in vestibular f'u.nction did occur. This d.isturbance 
apparently did not int erfere with operati,onal per­
formance of the spacecraft. Whether this disturb­
ance is a consequence of extended exposur,e to 
weightlessness or represents an idiosyncratic 
response of Ti t ov is not known. There ar,e s everal 
possibilit ies which might ex~lain the relative 
lack of physiological changes during weightless­
ness e.s observed in our :flights . These include : 

(1) Ppysiologic response mechanisms adapt 
quickly and no :functional disturbances are 
produced . 

(2) Tne bioinstrumentation utilized and the 
astronaut's subjective evaluation are not suffi­
cient to detect subtle transient changes associ­
ated with short exposures. 

(3) The exposure durations have been. too 
brief to elicit physiologic changes . 

( 4) The combination of brief exposure and the 
r estrained position are sufficient t o curtail the 
appearance of adverse effects . 

Additional space fliJht e>:periences w-lll detern.t.ine 
eventually which of the above explanatioms or 
combinations thereof are correct . 

The effects of weightlessness on hwnan 
physiology will continue to be a primary objective 
in early space flight programs . Plannine; and 
direction of ground- based and in- flight medical 
research relating to zero-gravity will be, inf'lu­
enced by observations obtained from longer missions 
in the Mercury spacecraft . Plans for the, two- man 
Gemini spacecraft are to provide an incre,ased 
flight time, and thus to permit extended investi­
gations . This exposure to incr eased space flight 
(up t o 2 weeks) will be approached with e,ssen­
tially the same bioiostrumentat ion and t echnique 
as used in the Mercury program. Should physio­
logic problems a.rise which result in crew perform­
ance decrement, then detailed in- flight medical 
investigations, including the use of animals, 
might become necessary . If !'unction abnormalities 
appear when the crew is unrestrained, them the 
Apollo earth- orbiting spacecraft or an efirth­
orbiting labor atory might be required for more 
detailed experiments . This approach then would 
utilize the flexibility inherent in the Gemini 
and Apollo designs, with the capability of earth­
orbital flights carrying medical research equip­
ment . Whenever valid, ground- based medical 
investigations would be applied to the solution of 
weightlessness problems . 

Summary 

The integration of the crew station with the 
man and his equipment was a continuous program 

requiring many compromises . The goal of this 
effort was the provision of equipment within the 
crew station vhich would l)ermit flight control by 
the astronaut . The experience gained by flights to 
date have indicated that the provisions are ade­
quate for the task. 

The biomedical assessment program associated 
with flights on Project Mercury to date has pro­
duced no significant medical problems . The Russian 
experience with Cos:monaut Gherman Titov bas sh.own 
some disturbance of t he vestibular apparatus, how­
ever, symptoms were not severe enough to be inca­
pacitating . The extension of knowledge, prilllarily 
in the prolongation of exposure to the weightless 
environment, is essential if the discrepancy 
between the United States and SoViet data is to be 
resolved . Presently planned programs of manned 
flight will yield further data in this area. The 
following factors will be active in the design of 
the medical portion of these programs ~ 

(1) Investigation of in- flight medical 
responses vill be extended as a function of time 
in zero- gravity, utilizing the Mercury, Gemini, and 
Apollo spacecr af'ts and existing techniques . 

(2) Capability Will continue to exist for the 
recognition of physiologic effects that might 
result in compromised crew performance. Perform­
ance must be maintained of sufficient quality to 
assure a safe reentry t o earth from earth orbit . 

(3) The design of on-going in- flight medical 
studies will be dependent on the inte~etation of 
accumulated physiologic data. 

(4) Gr ound- based medical s tudies will be uti­
lized whenever possible in examining biologic 
responses to weightlessness . 
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DYNA- SOAR BIOASTRONAUTICS 
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Dyna- Soar iE; a manned boost-orbit- glide vehicle. 
CotrV'entionaJ. booster and guidance systems vill 
place the glider on a course at the proper al­
titude and ~•elocity vith the resultant energy to 
accanplish the planned mission. After boost ter­
mination, the pilot verifies the course during 
orbit and ccmtrols the flight path during re­
entry, apprc,ach, and landing. 

The flight 1=•rofiles and over-al.l flight regime 
for the Dyna,-Soa.r' s single- orbit mission will 
impose no ne!lf or extreme environmental hazards 
on the pilot,, 'Ib.e environmental parameters of a 
normal space flight will not expose the pilot to 
stress magnitudes as great as pilots have ex­
perienced in, the Mercury flights . Under present­
ly planned flights, the pilot should be in an 
environment that is well within known human 
tolerances. 

We will present the calculated environmental 
stress to be imposed on the pilot in both normal 
and emergency conditions and the design tech­
niques ,developed to provide a cockpit that will 
keep the pilot well within his tolerance limits. 
The various prilne.ry enviroD1Dental. parameters vill 
be discusse,, separately. The solution for each 
parameter 111.ll be discussed in a co,1current man­
ner. No t lg:nificance is att ached to the order in 
which the spiecific parameters of the environment 
are consider,ed. These seven primary factors are: 

l. Acc1~leration; 
2. Zero g; 
3. Mechanical. vibration; 
4. Acoustic vibration; 
5. Pilot's atmosphere; 
6. Heat; 
7. Hum.:tdi ty. 

The first pairameter - acceleration - receives 
most consideJ~ation. The :flight profiles have 
been analyzed to determine the physiological. 
stresses to be imposed on the pilot for each 
phase of the mission. Acceleration time his­
tories have 1>een developed for the boost, glide, 
and terminal phase, and emergency conditions . 
Emergency conditio!lS would be abort !'ran the pad, 
abort during boost, and ejection escJ\pe :t'ran the 
glider. 'Ille magnitude, duration, rate of onset, 
and the direc:tion of acceleration vere studied 
.for these conditions. 

To determine the proper mae;nitude and direction 
of the accele,rations that determine the resultant 
external. forc:e acting on the pilot, we hsve used 
the Resultant. Physiological Acceleration that 
would be sig:n,ificant in defining pilot perform­
ance and tole ranee limits . '!he resultant phys­
iological acceleration (or RPA) is the vectorial 
sum of all th.e g-normalized forces to which the 
pilot is exr,o•sed, 'Il:iis is the g load he actually 
:feels. 

Figure 1 l ~di cates the g forces to which the 
pilot will be exposed during boost. 'Ihe maximum 
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RPA never reaches 5 g's and is above ~~ g's prior 
to second-stage 1:urnout for less than 15 seconds . 
The g prior to first- stage burnout is of much 
lower magnitude, \r'hile third-stage g ~iust attains 
4 g's . 'Il:iese forces act on the res treiined pilot 
seated in the boost position in the transverse or 
+gx (chest- to- back) direction. 

Figure 2 is a schematic illustration c1f an abort­
off- the-pad recovery maneuver. 'Ib.e Rl''A for this 
maneuver never reaches 4 g's and is t ransmitted to 
the restrained pilot in a transverse +gx direction 
during the boost period. At termination of abort­
rocket boost, the pilot must p itch the glider over 
from the vertical to the horizontal, subjecting 
him to an RPA under 4 g's for approximately 30 
seconds in the positive +gz longitudinal. (head- to­
feet) direction. Folloving this, the pilot per­
forms a roll-out and cOJ11pletes the prescribed 
landing maneuver. 

For an abort due to a premature burnout of the 
first stage, the pilot could be subjected to a 
maximum peak RPA of about 7 g's in the +gz or 
longitudinal direction during the recovery maneu­
ver. Abort recoveries in succeeding stages due to 
premature boost burnout would not be as severe. 

'Ille design objective of the Dyna- Soar ,glider is to 
accomplish a controlled rate of re-entry into the 
atmosphere. Re-entry profiles are slightly in 
excess of l g. Th.is acceleration is t :ransmitted 
to the pilot in a combination of posit:ive longitu­
dinal +gz (head- to-feet) and a negativ,~ transverse 
- gx (back- to-chest) directions. 

'!he design performance requirements fo,r the sub­
sonic escape system are veil within the dynamic 
pressure, Mach number, and altitude peirformance 
envelope of present escape systems. 'll1e Dyna-Soar 
pilot will actual.ly be subjected to a JLess severe 
acceleration profile during escape thau during an 
ejection from present fighters at supersonic 
speeds. Figure 3 shOll's a typical perf1>rmance en­
velope for an ejection-seat rocket catu_pult. 
'!here is veil- established data demonstrating the 
capability of pilots to Withstand thesEi forces, 

'Ille terminal phase and landing stress c,f the 
flight profile is very similar in accel.eration 
forces to that of the present Century s:eries of 
fighter planes. 

Human accelerati on experience for the FtPA's com­
puted for the Dyna-Soar profile fall we,11 within 
demonstrated human tolerances. TolerM,ce to g is 
contingent upon peak g, the direction c,f g, the 
duration, the rate of onset, the seat-biack posi­
tion, and body restraint. By shifting the seat­
back position, it is possible to obtain. quite a 
range of human tolerance limits, all of· which are 
vell above the computed g values and durations 
that have been mentioned. It is particularly 
significant that, vhile I have mentioned durations 
of g's in seconds, research has demonstrated that 
man can tolerate these same g's for minutes under 



particular seat•-back positions or with anti- g 
suits. 

In the Dyna-Soar, the pilot must be in an ade­
quate physiological condition to monitor, to 
over-ride automatic controls, and to control the 
vehicle manually. Even the limited g's computed 
for this profile might impose problems on his 
sensing of instruments or proper manipulation of 
controls. Consequently, provision has been made 
to ensure the pilot's capability even with these 
limited g's. F1gure 4 illustrates the two posi­
tions of the seat back . During boost the pilot~ 
seat back will be in a position more vertical 
than in a normal seat, with his feet on the 
rudder pedals. 

Research on the AML centrifuge at Wright-Patterson 
Air Force Base with human volunteers had indica­
ted potentially· dangerous vascular pressure lev­
els in the subj ect s with angles aft of the verti­
cal . .AML recommended slightly forward angles 
during boost. The Air Force Dyna- Soar Pilot Con­
sult ant Group s,erved as subjects i n subsequent 
centrifuge t ests under the anticipated boost ac­
celerations in both s lightly forward and aft 
angles with no evidence of degradation of perfor­
inance in spite of the apparent high right heart 
pressure. Thes1e and other investigations, how­
ever, initiated! re-design consideration of the 
seat-back angle, for the boost phase of the flight 
profile. A forward angle, not as yet fixed will 
be select ed to provide physiological protection 
and adequate operational capability . This is an 
example of the excellent coordination and inter­
disciplinary team -work in the USAF system devel­
opment program. 

The upper arms are provided with rests (adjusted 
to the pilot's forearm length) so the thrust 
forces 'Will no-t, pull the arms back from either 
the side-arm c,ontroller for the right hand or 
the abort-cont:rol handle for the left hand. 

A side-arm con·troller has been developed because 
a center- type stick cannot be control led ade­
quately -when t:he pilot is subjected to high 
transverse g The mere acceleration imposed on 
the arl!l and hand holding the stick could imps.rt 
undesirable control actions. 

The pressure suit does not have to be pressur­
ized unless there is an emergency loss of air 
pre ssure in the cabin. The restraint system 
shown in Figure 5 is an integrated portion of 
this pressure suit. Shoulder straps come over 
the shoulder and attach to the suit on the right 
and left front chest. The bel t straps are 
attached over tbe pressure suit at t he lower 
abdomen. I -wowd also like to point out at this 
time the connection for the atmosphere servicing 
system to the pilot. The helmet can have the 
face plate ope·ned, although f or reasons to be 
explained late·r, it -will probably be kept closed 
'With an air-ti.ght seal until in orbit . 

Follmring terlilination of boost, the pilot ma.y 
shift the seat. to 13° aft of the vertical if he 
'Wishes. This will allov him to sit in a more 
normal position , although he can control the­
vehicle from a, more for-ward position without 
discomfort. 

Before ejection, the seat back will be pjlaced 
automatically in the 13° aft position and the 
feet 111\lSt be 'Wi thdrs'WD against the lee.ding edge 
of the seat to ensure adequate clearance " Since 
the pilot initiates ejection, there is n() reason 
to believe he 'Will not have his seat back and his 
feet in the proper positions prior to pu1ling the 
D ring. The shock impact of ejection is well 
within bu.man tolerance limits and constitutes no 
problem. 

There is indication from recent research that a 
man undergoing stress from gin one axis has a 
lowered tolerance to combinations of acc1eleration. 
SUch a combination could occur if the vehicle 
-were to start a roll around the longitud:inal axis 
during boost. In the Dyna- Soar, the Mal:f'unction 
Detection System 'Will initiate automatic abort 
before the spin or roll rate reaches a ~elocity 
that -would affect the pilot. 

Weightlessness or zero gravity is not e~pected to 
oe a problem on these single- orbit missions, in­
sofar as knO'Wn from flights to date. Th,e restra­
int system mentioned earlier will hold the pilot 
in the proper position to conduct all of his 
pilot f'unctions under either nonnal or -w,eightless 
cond.i tions. 

The next environmental parameter of significance 
is vibration of both the crew station and the 
pilot. Again the Malfunction Detection System 
-will be activated before any vibration or oscil­
lation of the air vehicle can dSlllB.ge the pilot. 

The vibration present in the crew compartment is 
a random mechanical vibration rather than sinus­
oidal. The glider is designed to operate 'Within 
the vibration parameters shown in Figure 6. 
Present design ground rules require any subse­
quent changes in the system to be designed to 
stay within this present profile . The intensi­
tie s are not considered severe and are o,f rela­
tively short duration. The low- frequency portion 
of the vibration envelope has ita maxil!lllro intensi­
ty lasting about 10 seconds during the period of 
high dynamic pressure. The high- frequency portion 
of the spectrum occurs for about 5 seconds at 
lift-off and for about 15 seconds during: the 
period of high dynamic pressure . 

The lov- frequency vibration band is made, up of 
from 1 to 20 cycles per second, The his;h fre­
quency band is from 5 to 2()00 cycles per second. 
The low-frequency vibrations (occurring largely 
during the period of high dynamic presstnre) are 
attributed to air turbulence 'While the btigh fre ­
quencies are caused by engine- induced vibration, 
aerodynamic vibration, and other miscell aneous 
sources including operating equipment at,oard the 
vehicle. 

The limited experience on human toleranc:e to 
random vibration is indicated by the dotted line 
in Figure 6. If these random vibre.tionei are 
considered to have the same effect on the human 
as sinusoidal vibration, they are -well ,rithin 
known human tolerance limits. It is quE:stionable, 
however, to interpret random vibration effects in 
the same manner as sinusoidal vibration. Inten­
sities are known to peak and could affect the 
pilot's operation. For these reasons, the 



Air Force is undertaking research to provide 
data for comparing the effect of sinusc,idal and 
random vibration of pilot performance. The first 
manned Mercury flight subjected the pilot to such 
vibration during the period of high dynamic pres­
sure, but the vibration had no signi:ficant effect. 
Subsequent change in a structural fairing reduced 
this vibration significantly. 

Closely related and interacting with mechanical 
vibration is the acoustic environment. High 
noise levels will be produced aroUDd the vehicle 
from the propulsion system, glider subsystem 
equipment, and aerodynamic interactions . The 
highest noise levels are external to the crew 
compartment. Consequently, the compartment walls 
attenuate the sound pressure to considerably 
lower levels -within the crew compartment. Figure 
7 shows the acoustic eoviromnent during the boost 
phase when the highest intensities occur inside 
the crew compartment. It is doubtful if the maxi­
mum values Will be reached. It will be noted 
from the tolerance curves superimposed on these 
levels that there is only a 25-second period when 
the noise level is above human tolerance with no 
protection. There is a period of possi'bly 20 
seconds at this same time when,if a maximum noise 
level did occur, there could be a slight degra­
dation in performance with the helmet in place. 
The helmet keeps the noise level well below the 
human tolerance level. 

The acoustic envelope within the crew compartment 
then, is attenuated sign:!ficantly with t'he helmet. 
With the earphones in place there will 'be negli­
gible cormounication interference, permitting more 
than 98~ comprehension of speech heard through 
the earphones during the period of highest inten­
sity. Outgoing communication received ,on the 
groUDd will have less disruption from tlhe same 
noise profile because of filtering in tlhe communi­
cation system. 

Orbital or glide-phase noise levels are consider­
ably lower than those experienced during boost, 
and hence, no interference is expected. 

The pilot's atmosphere and thermal envi:ronment 
constitute the last major consideration requiring 
special development. The atmospheric c,,ntrol 
also regulates the heat and humidity, which rray 
be stresses on the pilot . Consequently, they 
'11111 be considered as interacting stresses. The 
atmosphere of the crew compartment can undergo 
pre-designed variations in pressure, te111perature, 
and composition. Variation in operatiJ:1'; tempera­
ture of different subsystems within the crev com­
partment will influence the temperature of t he 
compartment . which calls for t he ability of the 
system t o compensate for these changes. 

The design of the crew st ation calls f or a cabin 
capable of maintaining pressure at 7-35 PSIA (or 
approXimately that of 18,000 feet). The atmos­
phere will be 40',t 02 - 6o'1, N2 by weight with 
100'1, 02 for emergency operation. Controlled 
cabin leakage will be 0 . 25 pound per minute. 

Under normal operations the pilot will be suited 
and his stli t and physiological sensing equipment 
checked out about two hours before launc:h. The 
pilot will also be kept i n a controlled tempera­
ture and transported in a van to the launch site. 

During this period and until the pilot is con­
nected to the glider's atmosphere system, the 
suit -will be ventilated by forced circulation. 
The helmet face plate will be closed before the 
crew-station batch is closed. 

The glider's atmosphere is supplied f'rom liquid 
o2 and N2 tanks through a metering system that 
provides the correct ratio of' o2 and N2 . The 
liquid is fed through heat exchangers that use 
the low temperature of the liquid gases for cool­
ing the various glider subsystems. The cool gases 
now mixed are fed into the suit through the ser­
vice connection on the right side of the suit. 
The suit contains a distribution system to cover 
the entire body with the atmosphere exhausted in 
the area of tbe bead. This distribution of cool 
air cools the body and removes mo1sture. All 
suit air is vented from the helmet to the cabin. 
The cabin air is vented when cabin pressure is 
above 7,35 PSIA. All cabin gases enter the 
cabin via the pilot's suit until the glider is 
again below 15,000 feet, at which time a reflief 
valve permits entrance of ambient air. 

The circulation of cooled air keeps the cabin 
temperature down to operating limits for the 
st1bsystems within the crew compartment. The 
pilot may control his suit temperature and in­
directly the cabin temperature by regulating 
the temperature of air flow1ng through the system. 

Up to altitudes of 181000 feet, the cabin is open 
to the external atmosphere. The cabin air valves 
automatically seal at 18,000 feet to houl the 
cabin pressure at 7. 35 PSIA. In normal opera­
tions the pilot's full-pressure suit operates 
essentially at cabin pressure. The suit pressure, 
however, is regulated so that the pilot will not 
be automa.ti ca.lly exposed to l ess than 5 PSIA . 
The crew compartment is provided positive pres­
sure relief at 8 PSIG and negative relief at -1 
PSIG. 

Pilot tolerance and performance at the normal 
compartment pressure is not considered a problem 
as this pressure is a coonnon operational level 
in modern high-performance aircraft. Under 
emergency conditions, if the compartment pressure 
drops from 7.35 PSIA, the pilot is automatically 
put on 1001, o2 at 5 PSIA. Cabin pressure may 
slowly fall off from a leak, but no explosive 
decompression is anticipated. Actually, if leak­
age occurs, normal flow may keep the colllpartment 
pressure somewhere between 7.35 and ambient PSIA. 

In case of total loss of cabin pressure and with 
only partial denitrogenation, there is some 
poss1b1lity of a pilot experiencing bends. How­
ever, crew selection has been made from experi­
enced pilots who have been indoctrinated and are 
experienced with this problem. With a suit pres­
sure of 5 PSIA under emergency conditions with 
1ooi o2, there should be no bends problem, but 
the suit may be a little stiff for proper opera­
tion of controls. If control is difficult due 
to the pressurized suit, t he pilot may e lect to 
go on f'ull automatic glider control during 
periods of high control requ:!rement or may re­
duce suit pressure to 3.5 PSIA. 

There are two sources of heat in t his vehicle . 
One would be the normal heat generated by 



equipment operating within the crew compartment 
which, as stated earlier, is controlled by the 
normal air flow through the pilot ' a suit into 
the crew compartment and then vented to the out­
side through a controlled leakage rate. The 
second major source of heat arises during the 
later stages of orbital flight and the re-entry 
of the vehicle. Surface heat generated during 
boost will not significantly affect the crew 
station. 

Th.e wall surfaces are designed with a wnter wall 
that absorbs beat from the outer akin and d.is­
sipates it by evaporation of the water, which is 
vented to the outside. The highest wall tempe:re.­
ture could occur after depletion of the water 
soiretime af'ter landing ( the pilot will Jlorma.lly 
be out of the cockpit). The forward windows will 
be cove:red with a heat shield until afti~r re­
entry to protect them from reaching high tempera­
tures. The heat shield will be jettiso1led af'ter 
re-entry. The side windows, which are not cooled, 
will attain a maximum temperature of 320°F due to 
their location and small surface area . The pilot 
Will be able- -througb his ventilated su:it and 
subsequent ventilation of the crew stat:ion- - to 
maintain a cabin air t emperature betvee10 60° and 
90°F at his choice. 

Figure 8 shows the temperature toleranc1e and 
performance limits established by the Air Force 
for design of crew stations. These are the 
maximum temperatures and durations t o wlb.ich the 
crew may be subjected with a ventilated suit 
meeting the Dyna- Soar ventilation condi•tions. 

With a ventilated suit, Air Force design require­
ments permit a maximum allowance of 195°F exter­
nal suit temperature for 130 minutes. 'The crew­
compartment thermal environment is shown in 
Figure 9. The estimated Dyna- Soar maxiJaium heat 
profile will start building up after 70 minutes 
from 8o°F to a maxi.mum cabin temperatur,e of 140°F. 
Again thi s buil d-up occurs during the r •e-entry 
pe'.'."iod. With +he 111e.x-ir.rum t emperati;.re occuring 

after landing. The maximum estimated cabin -~e~­
perature is 55°F below the maximum allowable tem­
pera ture for 130 minutes of exposure. Here the 
pilot will be exposed to the ma.xi.mum temperature 
for less than 30 minutes. 

Coupled with thermal control is the problem of 
humidity, which is controlled by the temperature, 
saturation, and flow rate of ventilating air 
within the suit. Under the moderate work l oad 
apd environmental temperature calculated for 
these f lights, the pilot will rarely exceed a 
water-production rate of one pound per hour which 
will be removed by the ventilation of the suit. 
The designed ventilation flow rates permit a mass 
flow rate of 0 . 25 pound per minute and an emer­
gency of 0 , 17 pound per minute. The volume flow 
rate will vary with su:it pressure and temperature. 

The low- orbit mission profile of this vehicle is 
such that no known r adiation problems from outer 
space are anticipated. 

Experimentation has been employed to evaluate 
pilot capabilities under the calculated environ­
mental str esses. Since it is not possible now 
to expose a man to ccmbined simulation of all 
these stresses simultaneouslv. design for control 
of the indi vidual stresses has been such t hat 
there is a w-j de margin of safety for each para­
meter. On this basis, it is assumed that the 
pilot will be abl.e to operate during the rel a­
tively short peri rods of combined stresses vi th 
no degradation 0f his r equ:ired performs.nee l evel. 

As I stated in the introduction, the Dyna- Soar 
flight missions impr,se no new environmental 
stresses on the Dyna-Soar pilot. Engineering 
design has been able to provide adequate protec­
tion for all of the seven major enviromnental 
stresses . The design engineers have been faced 
with a real challenge to provide this protection 
and keep the vehicle configuration v.!.thin other 
mandatory design para.meters with a limited 
budget. 
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INTRODUCTION 

The historic earth orbital night of th•~ ~rcury 
space capsule on February 20, 1962 has :Lllustrated 
that man has the capability of creating instrumen­
tation and equipment which permit him to survive 
outside the protective earth atmosphere vhich, in 
tillJe, has served both as a shield and a barrier. 
Because of this great achievement man need no 
longer restrict himself to earth-space but :may 
direct his resources to expand his zone of opera­
tion to earth-moon space. However, in <>rd.er to 
exploit this new frontier many problems must be 
solved which are not mere extensions or extrapo­
lations of those already treated. The J?roblem 
associated with providing man with an adequate 
environment for extended periods in the earth 's 
atmosphere, earth-moon space and on the lunar 
surface is indeed extensive. Trapped ri:Ldiation, 
solar fl.are activity, meteoroid bombardil11Emt, solar 
ri:Ldiation and the hard vacuum of space are no 
longer merely phenomena. of scientific interest; 
they describe the operating environment of 
1118.lllled earth-lUIJar spacecraft, 

In order that man may effectively operat;e in the 
earth-moon space, myriads of systems ancil sub­
systems of varying types and 1'Unctioos nrust be 
devised and integrated into an efficient, reliable 
man-:machine complex. 

This paper will consider only one small aspect of 
this problem--that is, the problem of providing 
man with an adequate gaseous and thermal. environ­
ment in earth-lunar spacecraft. Control. of 
atmospheric gases in manned sealed environments 
will be treated in Part I. Part II tree.ts 
thermal regulation and atmosphere contro,l reqw.re­
ments of mobile life support systems for lunar 
exploration. 

PART I 
ATMOSPHERE CONTROL SYSTEM3 
FOR ADVANCED SPACECRAFT 

A. General. Remarks 

Providing man with a gaseous environment in the 
earth-moon space must be considered within the 
framework of the sealed e nvironment. The problem 
is not restricted to providing breathing oxygen 
and diluent nitrogen, removing metabolic CO2, 
HzS, CH4, etc., at optimum temperatures ,and 
pressures . For purposes of this paper, however, 
attention will be focused on methods for provid­
ing breathing 1!/:1,Ses and removal of metab,::,lic 
products. 

.Many methods may be used to provide oxyg,~n and 
remove metabolic carbon dioxide in manned sealed 
environments. The problem is the select:lon of 
the method which integrates into the veb.:lcle com­
plex in the optimum manner . For the pas➔~ several 
years much attention has been focused on analyses 
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attempting to select optimUm a-anosphere control 
systems for specific mission times . Data and 
information have been accrued -which permit us now 
to me.ke tentative selections of systems for parti­
cular mission requirements. In Figure l, the 
areas of application of regenerative systems are 
compared to those for storage systems. Some of 
the major criteria which must be considered in the 
compari son are weight , volUXDe, and power require­
ments associated vi th a particular atmosphe.re sys­
tem operating for a specific time and in a specific 
mission phase. These criteria must be considered 
as they rel.ate to state of the a.rt and projected 
future developments, 

The basis for the future development of environ­
mental control systems vas taken to be the weight 
of breathing oxygen needed for a given mission. 
Missions considered have been divided into broad 
categories, descriptive of those anticipated for 
the next fifteen years. 

As illustrated in Figure 1, completely regenerative 
systems cannot compete - - from the standpoint of 
weight, volU!lle, and pawer -- with chemical storage 
systems or chemical partial regenerative systems 
for missions requiring less than the order of 100 
pounds of oxygen . Above the 100- pound mission 
requirement, however, regenerative systems become 
increasingly attractive. Based on projected mis­
sion reqUirements, storage systems show optimum 
applicab111 ty for the next rev years. As mission 
requirements change, however, stored superoxide and 
partially regenerative systems '\1'111 probably dis­
place the simple storage systems. Chemical regen­
erative methods, such as~ reduction of CO2 fol ­
loved by electrolysis, will become operative by 
about 1965, These systems will be most useful for 
missions requiring between 100 and 2000 pounds of 
breathing oxygen. 

Chemical regenerative systems may accUDIUlate some 
by-product wastes. Handling of these vastes makes 
the use of sucb systems somewhat unwieldy for high 
02 cons\.Dl!Ption. The area delegated to these chemi­
cal systems is therefore shown as limited to mis­
sions requiring a total 02 consumpti on less than 
several thousand pounds • 

Completely regenerative biological systems will be 
useful for almost any level of oxygen regeneration. 
Their application to future missions will be limited 
by (a) physical size, which is dependent on the 
number of men in a mission :re.tber than on length of 
mission, and (b) type and magnitude of available 
power. T"ne results shown suggest that it is rather 
important that efforts in the development of regen­
erative systems be maintained, especially when ve 
consider environmental requirements for extended 
missions such as moon colonization or deep space 
manned explorations. 



Several storage, pe.rtiall.y regenerative, and com­
pletely regenerative systems for providlng atmos­
pheric gases in m,nned sealed enviro1J111eI1ta are 
discussed belO\f. 'l'bose methods to be ccmsidered 
include: 

1 . Storage of gases as liquids. 

2. Generation of axygen and absori?tiou 
of co2 by means or stored chem:lca.l.a. 

3. Regeneration of axygen tran wante 
products. 

a . Electrol.ysi• or water. 

b . Regeneration of oxygen tra11 carbon 
dioxide by chemice.l me8llS . 

c. Regeneration of oxygen tra111 carbon 
dioxide by biologice.l methoda . 

B. Methods for Atmosphere Control 

1. Storage Systems 

a. Storage ot Oxy~n and Nitrogen as Uquida 
and GBses 

\.lhile pure oxygen at 5 psi is considered satisfac­
tory tor the Mercury spe.cecratt, tor tl.ights of 
longer duration a mixture of oxygen and. n1 trogen 
at a pressure of 38o 111111 Hg, vi.th a pe.r-t;1.aJ. pres­
sure ot axygen of about llio mm Hg ( corx~spofding 
to that in sea level a.ir), is recamnencl.ed. The 
preferred diluent l!l!-S is nitrogen. 

In Figure 2, systems veights for cryogE;nic and 
pressure vessel storage of oxygen are presented as 
a function of mission ti.me. Supplying the re­
quired oxygen from a pressure vessel a1; ambient 
temperature is not advantageous becausEi of the 
large ve ight penalty . For example, fo1~ a 14-day, 
3-man mission, with a consumption rate ot 6.2 
lb/day, a ta.nkage veigbt of 1~8 lb. is required 
to carry one pound of oxygen. With cryogenic 
storage, hovever, the veights are more moderate, 
(By cryogenic storage is meant storage at tem­
peratures and pressures that are above., but near, 
t he critical values. Thie insures thart all 
material vill be in the gas phase, and avoids the 
spearation problems that vould arise vith liquid 
oxygen storage under zero gravity conditions,) 
Results of cryogenic storage studies 01:1 oxygen are 
presented 1n Figure 2. 

b. Generation ot ~en and Absorption of 
CO

2 
with Store Chem:1.ca.1. Systems 

The provision ot breathing oxygen and the removal 
of co2 in spe.ce cabins from stored chemicals 
appears quite attractive tor missions requiring 02 
consumption of less than 100 pounds. As indicated 
in Table 1, the cccygen-C~ balance 111!1.Y be ma1Jl­
t.a1ned by several methods utilizing st-.ored chemi­
cals. These include: 

1. Generation ot oxygen by tbe therlll!l.l 
decornpoeition ot oxygen campcnmds, 
and the removal of co2 by tbfi absorp­
tion or reaction with stored chemice.ls. 
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2. S1.mul taneous genera t1on of oxygen 
and removal of CO2 by tbe chemice.l 
reaction of stored oxygen compounds 
with metabolic water vapor and the 
absorption of C~ on the products of 
the water vapor - o2 compound reaction. 

Representative systems for these method.8 will be 
described belov. 

(1) OJCygen Generation by the Therlll!l.l 
Decomposition of Oxygen Compounds and 
the Absorption on Stored Chemicals 

The chlora tea and perchlora tee of the al.kaJ.1 and 
alkaJine earth metals show great potentia.1. for 
oxygen generation 1n spe.ce systems . Particular 
applications include oxygen generation 1n emer­
gency conditions, oxygen supply 1n re-entry 
modules, and oxygen provisions in short-time 
(1-12 hr . ) lunar exploration missions by manned 
overland capsules. 

The chlorates and perchlorates evolve oxygen 
vb.en heated to a sufficiently high temperature. 
This reaction is usually slightly exothermic 1n 
the case of the chlorates. In the case of the 
perchlorates, the heat of reaction is leas exo­
thermic and in sane cases rm.y be slightly endo­
thermic. Reactions of typice.1 chlorates and 
perchl.orates, together with beat evolution data, 
a.re presented belov. 

NaCl03 --NaCl + 1.5 o2 -6~5 ■ -12. 5 kce.1/mole 

LiCl04 -- Li.Cl + 202 6 825 ■ -+-0 .25 kce.l/1110le 

(Note: A minus -6 H value indicates that heat 1a 
evolved) 

In general, the beat of reaction is insufficient 
to raise the temperature of the chlorate or 
perchlorate to the high temperature required for 
the reaction. The temperature required for 
sodium chlorate candles is 700 to 8oo0 c.3 To 
supply the needed heat, a fuel i s incorporated 
in the candle. This fuel consumes part of the 
oxygen produced, Metallic iron, the fuel most 
commonl,y used, is noI"llll,ll,y oxidized to the 
ferrous oxide (FeO} vben the candle '1:1.lrns. 

Ov1ng to the fact that the decomposition tempera­
ture of chlorates and perchlorates is above that 
ot their melting points, it is essent1al. to pro­
vide a fibrous binder to minim1ze the fiO\f of the 
molten salts. Asbestos and fi~rglass a.re 
commonly used for this purpose3, a.ltheugh steel 
wool baa been used with good results • 

One of the serious problems encountered in the 
developnent of chlorate candles has been the con­
tamination of the oxygen produced with varying 
amounts of chlorine and carbon monoxide. Since 
these are both poisonous gases, their concentra­
tions must be kept very 10\f if the oxygen is to 
be used for respiration. It has been found 
possible to keep the concentration of carbon 
monoxide acceptably low by scruJ.)ulously excluding 
carbon from the candle constituents. It bas been 
camion practice to add barium peroxide to the 
cornposition to suppress the chlorine concentra­
tion in the evolved oxygen. 



IJ1 
IJ1 

CHEMICAL COMPOIBID 

Hydrogen Peroxide 

Lithium Hydrax:ide 

Lithium Orlde 

Lithium Perchlorate 

Li th1um Peroxide 

Lithium Superoxide 

Magnesium Perchl.ora te 

Magnesium Superoxide 

Potassilall Superoxide 

Sodium ftydroxi.de 

Sodium Perchlorate 

SodiumSupera:d.de 

TABIB 1 

CHEMICALS THAT CAN SERVE AS OXYGEN SOURCES AND CARBON DIOXIDE REMOVERS IN SEA.LED CABINS 

FOR CARBON 
USE AS OXYGEN SOORCE DIOXIDE REJ.OVAL 

REMARKS 
Ox:ygen CO2 Mecbanism or Wt. Cocpound wt. Compound Per 

FORMUIA Som-ce Removal Ox:v= Release Per wt. OxY11:en wt, CO-., Removal 

¥2 X Catalytic 2.1 
Decomposition 

Li.OH X 1.09 

Lit) X o.68 

LiClO4 X Thennal. 1.66 
Decomposition 

Li2O2 X X Reaction vi th 2.88 1.05 Not Caimerc1.a.1.ly 
Ht) or co2 Ava.11.able 

I.1O2 X X Reaction Yitn 1.62 LTI Not Prepared in 
H~ or c~ Pure Fonn 

Mg(Cl04)2 X Thermal 1.74 
Decomposition 

l'l.g()4 X X Reaction vi.th 1.84 2.01 Not Commercially 
~O or CO2 Available 

Kt>4 X X Reaction Vitb 2.96 3.23 
~o or co2 

llaOH X 1.82 

NaClO4 X Thermal 1.91 
Decomposition 

l'faO2 X X Reaction Vith 2.29 2.50 
~O or CO2 



An optimized 11 tllium perchlor ate candlti consists 
of the tollawing ingredients in s.dditi<>n to 
litllium perchlore.te: 

a. A fuel to supply the heat ot de<:OIJIPOsition 
of the lltllium perchlorate and ,1;o bring it 
to 1 ts decomposition temperaturi~. 

b. A material to mechanically suppc,rt the 
canposi tion when it is in a mol·ten ata te. 

c. A cataiyst to facilitate the de,canpoaition 
of the lithium perchlorate. 

d. A ma.terial to prevent the occur:rence of 
toxic ingredients 1n the evolve,d. oxygen. 

The amoUD.t ot lithium perchlorate required to 
produce 2 .0 pounds of oxygen is 3.3 pounds . The 
schema.tic of a one man-day candle is a'hown in 
Figure 3. If the a'bnosphere is continuously 
niaintained by adding oxygen f'l'om a stored source, 
provisions must be ma.de for removing carbon 
diaxide. The amount of the lat~r that Jll\lSt be 
removed is about 2.25 lb/=-day'-. 

Various possibilities of co2 removal bave been 
considered.. These may be classified b,roadl.y as 
regenerative and non-regenerative. Tbe regenera­
tive class includes those systems where the car­
bon diarlde is adsorbed on molecular sieves that 
are regen.erated by heat and vacuum. I:t al.so 
includes regenerable liquid absorbers such as 
monoethanolamine. 

In the non-regenerative category, chemisorption, 
treezinS out, and diff'usion. sepe.ratiOIJt with 
exhaust to space may be mentioned. A llst of 
selected chemicaJ.s that may be used tc, absorb 
CO2 is presented 1n Table 1. 

Lithium hydroxide is perhaps the most widely 
used of the chem1.sorbers for submarinE! and 
space applications. Its characterisUcs and 
perfonnance bave been l!'ell treated in published 
reports and papers 1,2,4 and will not be 
considered further. 

?-Bgnesium axide has ren studied by the Naval 
Research laboratory , but results shoved that 
the 11Bterial absorbed too slowly for ]?ractical. 
use. Nevertheless this materi al may be vorthy 
of further investigation 1n viev of the vide 
divergence 1n reactivity of magnesium oxide 
depending on method of preparation and 
subsequent treatment. 

(2) Cambiiled o2 Generation and CO2 ReJDOval 

vi.th Stored Chem.icaJ.s 

The s.l.kali metal peroxides and supero:lCides are 
of particular interest because of their dual 
role of removing co2 and supplying oxygen. The 
lithium superoxide, theoretically of great 
interest, has not been prepared 1n the pure 
state in any quantity. It is expected that 
vork in this area w1.ll be intensified.. Sodium 
superarlde is al.so a most desirable chem1.cal 
tor atmosphere control in sealed cabins. This 
material,readily prepared tram sodium, pero:it1de5, 
reacts vi th CO2 to produce oxygen and. sodium 
carbonate: 
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(1) 

In practice the RQ. of the human component ll'AY vary 
trom 0 .7 to 1.0, vi.th 0.9 being considered about 
normal 2 . The RQ of the sodium superoxide system 
according to equation (1) is 0.67. Thus the 
reacti on 100,y produce excess oxygen and in any 
event, cannot be controlled to confonn to the 
actual. requirements . 

Lithium peroxide r eacts 1n the following way : 

(2) 

This reaction corresponds to an RQ. of 2 .O. Thus 
by the use of mixed oxides and superoxides 1n air 
regeneration equipment it is possible to devise a 
system which compensates for any RQ variation 
between 0.67 and 2 .0. 

One approach vhich suggests itself is to provide 
two cannisters for atmosphere regeneration. One 
VO'Uld contain an alkali superoxide such as sodium 
superoxide, while the other would contain U thium 
oxide or peroxide . The atmosphere now is divided. 
depending on the air composition, A schematic is 
shown 1.n Figure 4. 

c. Canparative Weights of Chemical Storage 
A'bDosphere Control Systems 

Table 2 presents a systems compe.ri.son between 
several representative stored systems for a 3-man, 
14--aay mission 1n which each man consumes 2 .0 lb . 
of oxygen and produced 2 . 25 lb. of CO2 per day. 
This corresponds to an RQ of 0 .82. The tabulat:loo 
indicates the veights of chem1.cals required to 
produce the required 84 lb. of oxygen and remove 
the necessary 94. 5 lb . of co2 • 

The mixed axide-superoxide system sh0\11! a 
moderate superiori t;y on a weight basis. The 
actual. advantage of the superO'Xide system is 
beUeved to be greater because of its inherent 
siJJiplicity and potentially high reliability. It 
is further pointed out that if lithium superO'Xide 
could be used to replace sodium superoxide, the 
weight of the superoxide vould be 121 lb., or a 
total veight of 168 lb. for the conditions 
specified. 

2. Regenerative Atmosphere Control Systems 

Maoy methods have been considered for the provi­
sion of breathing oxygen by the regeneration of 
metabolic products such as water vapor and CO2 . 
These methods include the thermal decomposition 
of water and co2, photoly~is and radiolysis of 
water, electrolysis of carbonates and aqueous 
solutions, the chemical reduction of CO2 vith 
H2 followed by electrolysis, and the biological 
regeneration of oxygen from co2 by photosynthesis. 

Because of the possibility of relatively low 
weights, volumes ,and power requirements of chem­
ical reduction and electrolytic systems, and 
because of the potential and advantages afforded 
by the integration of the photosynthetic method 
into a completely closed ecological system, these 
latter systems have received considerable atten­
tion . 



L1Cl04-L10H 

"' ..... 

L1Cl04 14o lb. 

L10H 103 lb. 

Structure 25 lb. 

Total 'Weight 26S l b. 

~ 2 

S'l'ORED A'lMm'HERB C0R"mOL S!'.S'l»C5 

WEIG!fr RE~ FOR l~-DflY, 3-MU MISSIOII 

Na02 - I.12° 2 Cryoge.n:1c o2 - L:I.OH 

Na02 rn. lb. L:I.OH 103 lb. 

IJ.2°2 2'7 lb. 02 84 lb. 

Structure 20 l b. Structure 90 lb. 

Total. 'Weight 218 lb. Total Weight Zf7 lb. 

Pressurized o2 (7000 psia) - Li.OH 

IJ.OH 103 lb. 

02 84 lb. 

Structure 15() lb. 

Total Wei ght 337 lb. 



Table 3 presents representative equations for 
these systems; Table 4 presents volumes, power 
and weight requirements exclusive of po"Werplant 
weights. 

The material ]?resented in Table 4 should not be 
considered as absolute for all suggested missions 
s ince different values can be obtained depending 

TABLE 3 

PROMISING o2 REGENERATIVE SYS'lffiS 

1 . Biologi cal 

A. Algae photosynthetic method 

co2 + l~O + algae + l i ght energy--o2 

+ ce:llular material ( C ½O) + lf:?O 

B. Micro"bial-Electrolysis 

CO2 + :2~ (¥)+hydrogen bacteri a -­

cellular material ( c~o ) + H2o 

2 H-O Electrolysis 
--~ - ----=--- 2 H2 +02 

2 . Electrolytic 

A. Anodic generation of o2 by electrolysis 
of L1,on: 

2 LiH + CO2 _. 2 UOH + C 

2 LiOH Electrolysis 2 LiE + o2 

B. Generation of o2 by electrolysis of NaOH 

4 NaQH Electrolysis 4 Na + 202 + 2 ~ 

4 Na+ co
2
- 2 Na20 + C 

2 N~O + 2 ~o---4 NaQH 

2 n:2 + 2 o2 --2 ~O + o2 

C. Hydrogen reduction of CO2 and o2 
generation by electrolysis of water 

CO2 + 2 H2 ----- C + 2 1½0 

2 820 Electrolysis 2 ~ + 02 
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upon vehicle requirements . These valw~s, however, 
do indicate relative weights, powers , 1:1.11d volumes 
required to provide the gaseous enviro1runent for 
manned space cabins • It is evident frcJm Table 4 
that certain systems offer certain weight, volume, 
and power ~dvantages; for example, the hydrogen 
reduction system and the LiOH system. Ho-wever, 
if one considers operating temperature:s e.nd haz­
ards, other systems (such as the photo:syntbetic 
system) may offer advantages which off,set the 
wei ght, volume, and power advantages of the 
hydrogen reduction or LiOH system . Berth the 
co2-!½ electrolytic and the photosynth,etic systems 
bave tieen more than adequately described in pre­
vious publications. Bri ef descriptions are 
included in the follo'Wing for convenie:nce in 
( 1) presenting the present state of dJevelopment, 
e.nd (2) describing experimentation necessary to 
insure availability of such systems for future 
mission requirements . 

TABLE 4 

'IOTAL WEIGHT, VOliJME, AND POWER REQUIRE­
MENTS PER MAN FOR VARIOUS GASEOUS 

REGENERATIVE SYSTEMS 

Weight Volume 
lb ft3 

Photosynthetic 

Elec, Illum. 255 6.15 

Solar Collector 227 9 . 45a 

Microbial-Electrolysis ll0- 130 ~2. 2- 2 .. 4 

LiOH 275 0,7 

NaQH 34o 0.9 

CO2 - ~ 75 1.3 

a 
Folded collector volume 

b 
Power, 

1N 

5 , 5 

1.7 

, 35 

1.4 

7.68 

0 . 36 

~lectrical power required -for cooling not included 

a . Regeneration of o2 -from CO2 by 

Hydrogen Reduction e.nd Electr,oI"ysis 

This chemical system generates oxygen in a closed 
environment by the reduction of CO2 wlL th H2 to 
-produce solid carbon and water. The water is de ­
composed by electrolysis to produce l]Jrd.rogen and 
breathing oxygen. A system design presently 
under investigation is sbo'W'!l in FigurEi 5. 

AJ3 sho'Wil in the illustration, the oxygen regen­
erator consists of essentially three :lndividual, 
yet functionally interdependent, components: 



1. Chemical reactor for co2 reduction 
with H2 ; produces H20 and carbon, 

2 . Components for H20 transfer from 
reactor into the electrolytic cell . 

3, a,o electrolytic cell for generation 
o! H2 and 02• 

Each of these three basic components must func­
tion so as to provide an operation that satisfies 
equilibrium conditions betwen the CO2 supplied 
to the generators and the o2 generatea in tbe 
electrolyt:lc cell. 

The system shovn in Figure 5 incorporates the 
t'olloving 1najor prov1sions: 

a . Continuous carbon removal by a 
rotating catalytic vire mesh belt. 

b . Continuous wter transfer from the 
rei1ctor section into the electrolytic 
cell via porous membranes( water cooled) . 

c . Hollov electrodes of porous material 
for removal of gases from the 
ele,ctrol:rtic cell i nto the gas phase . 

The actual performance of the oxygen regenerator 
shovn in Fi.gure 5 is governed primarily by the 
chemical cc,nstants such as the thermodynamic 
equilibriur., the chemical kinetics and the 
catalytic a~tivity of the materials participating 
in the process of co2 reduction, the materials 
regulating the wter transfer into the electro­
lyte ,and electrolysis rates. 

One of the critical components in the H2-C02 
reduction system is the electrolytic cell. Since 
this component utilizes the majority of the 
electrical pover required by the system,continued 
efforts are being mad'! to insure high efficiency 
electrolysi,s . In conventional electrochemical 
systems, g9.Jses are generated in the gas-liquid 
interface; hovever, in zero-gravity operation, 
provisions inust be made for the circulation of 
both gases 1:1.11d electrolyte, the separation of 
tbe gQJSes firom the electrolyte, and the return 
of the elec·trolyte to the cell. 

In a system being studied at the Tapco Division 
of Thompson Ramo Wooldridge, double porosity 
metal electi•odes and ion exchange membranes are 
utilized for the generation of gases in the gas 
phase, thus avoiding the gas-liquid separation 
operation. This is accomplished by the use of 
a double porosity electrode system vith fine 
pores on the, liquid side and coarse pores on the 
gas side. 

In sUllllliary, it may be stated that an electrolytic 
cell for sps~e operation should have the follov­
ing features: 

l. No rotating components 

2 . Lov liquid flov r ates 

3, High current densities 

4. High electri cal and thermodynamic 
efficiencies 
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5. No gas- liquid separation problems. 

Continued research is being conduc-u~d on the 
critical components of this system, namely, 
(1) the choice of appropriate catalysts for 
the chemical reactor utilized in the~ chemical 
reduction of CO2 vith hydrogen, (2) beat and 
vater transfer from the reactor into the el.ectro­
lytic cell, and (3) gas phase eledrolytic 
systems . However, io order to crit:lcally evalu­
ate the feasibility of this system 11S an atmos­
phere control device 1n suste.ioed reduced gravity 
enviroD!llents , zero-gravity experimentation 111\l.Bt 
be conducted. Figure 6 sho-ws the i,;iquired 
parameters which must be evaluated under zero­
gravity conditions , Figure 7 shows a 0 . 1 man 
system integrated into a scientific passenger 
pod for zero-gravity testing. Sincu there are 
many missions in which the H2-C02 system. sbo\16 
maximum application, continued vork must be 
carried on to insure the availabili'l,""Y of this 
atmospheric control device for thoSE! missions• 

b . Regeneration of 02 fl"Ol!l CO2 
by Photosynthetic Methocls 

certain plants nnd micro-organisms, utilizing 
co2 and ~tber chemical nutrients, produce 02 
by photosynthesis, 

For each l!lOle of 02 utilized by man, about 
0 .85 moles of CO2 are expelled. The: ratio of 
co2 intake by algae to 02 output car:t be regulated 
to lie betwen about O. 7 to 0 .9 by a.ppropriate 
choice of nutrients. If this ratio is set to 
0 . 85 then a balance can be set between tbe algae 
and all the o2 output of the algae available to 
man , A schematic representation of such a. gaa 
exchange system vhicb would provide 02 and 
remove co2 photosynthetically in a u;8Jllled vehicle 
is presented in Figure 8. 

In the system presented in Figure 8, algae in an 
aqueous medium is pumped from a central reservoir 
through a light system in which CO2 is assilll1-
lated by the algae and o2 produced. The temper­
ature of the algae culture is controlled by 
circulating coolant through coils in the lighting 
system. The algae is subsequently mixed vith 
co2-enriched air from the cabin. The gas-algae 
mixture is then transported to a gas-liquid 
separator vhere 02-enriched ges is s,eparated from 
the algae cul tu.re. The algae cul tur,e is returned 
to the central reservoir and the enr 1ched gas 
saturated vith water vapor is circul1!!.ted through 
an air-conditioning system to the ca'bin. 

water vapor condensed in the air cond.:1.tioaer may 
be used for drinking. In addition ti:> providing 
drinking wter, the air conditioner 13.lso purifies 
and regulates t he temperature of the gas. The 
reject beat from the conditioner and the reject 
beat from the light system cooler is upgraded in 
temperature a.ad emitted by radiation .. 

To maintain the desired algae conceni;ration, a 
portion of the algae mixture is pump<id from the 
central reservoir through a separator. The 
medium is returned to the reservoir und the 
harvested algae are either removed to 'WllSte 
storage or reprocessed into nutriente1. Nutrients 
are also provided from a stored nutrlent tank 
vhich contains necessary chemicals tc> maintain 
the nutritional balance of the algae . 



Tbe majority of the energy required by the photo­
synthetic gas e:>ecbange system is light energy. To 
increase the ef·ficiency of such a device, parti c­
ular attention imust be given to the geometry of 
the illumination system, and the method of pro­
viding light of required 'Wave lengths . Of special 
importance is the selection of an illumination 
system wich integrates "1th mission and vehicle 
requirements. 

T'Wo possible lighting syetelllS suggest themselves; 
one utilizes fluorescent lamps, the other uses a 
solar collector. In the solar collector i llwni­
nator, the algae media is illuminated as it passes 
through a flat duct placed at the focal plane of 
a semi-circular cylindrical solar collector . 
Figure 9 presents a system, currently under in­
vestigation, 'Which uses fluorescent lamps. As 
indicated in Ta,ble 4, both fluorescent lights and 
solar collectors are comparable methods of su1>­
plying light en.ergy from a 'Weight standpoint, but 
fluorescent illumination is some'What more favor­
able from a vol.ume vie'l.'Point. 

In any studies aimed at determining the optimum 
manner of prov:1.ding illumination for a specific 
mission and vebicle system, one must take into 
careful coneide,ration the feasibility of inte­
grating the ill.umination devices into the vehicle 
complex. In order to provide the gaseous require­
ments for one aian, the lower volume fluorescent 
illumination dE,vice requires on the order of 4 kv 
1f one considers a 2/Jlf, efficient photosynthetic 
system illurninnted by means of 20'.4 efficient 
fluorescent tubes. However, approximately 3 ,2 k\l 
heat must be nijected from the photosynthetic 
system at rela1~ively lo\/ temperatures. Solar 
illwninated devi ces,on the other hand, require 
electrical po'l.lf!r only for associated components 
( such as pumps ) , and beat may be rejected by 
radiation to space from the backside of required 
solar collecting surfaces. Choice of this latter 
type illuminat:Lon is determined in part by the 
availability o:r larger volumes and surfaces. 

The photosyntbl~tic systems offer great promise 
as complete environmental control systems for 
missions requi:ring an excess of 150 pounds of 
oxygen. Their major dra'Wback however, consists 
in the large p,:rwer requirements and the associated 
wight penal ti,~s of long-time po'ller systems. The 
biological systems vhich should be further in­
vestigated are those employing the reduction of 
metabolic carb,on dioxide "1th hydrogen, utilizi ng 
hydrogen-fixing bacteria . water fonned as a re ­
sult of microbial action is subsequently electro­
l y-Led to breathing oxygen and hydrogen. 

This system requires further investigation into 
methods for matching syst.ems RQ to the buman RQ, 
The advantage of the hydrogen-fixing biological 
system is its lack of a requirement for light . 
Because illumination of microbial systems requires 
large surfaces and associated volumes, the photo­
synthetic system may be restricted to large fixed 
1nstall.ations with large pover stations or large 
solar collector volumes. 
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PART II 

THE CONTROL OF 'mE Tl!ERMAL AND 
GASEOUS ENVIR?NMENT IN WNAR 

LIFE SUPPORT SYSTEMS 

A, Introduction 

The life S'l.q)port system for lunar exploration 
111W1t provide an environment for the astr-0naut 
conducive to the bi.gbest l evel of human perfonn­
ance . Since most of his physical functions as 
an explorer could be fulfilled by an unmanned 
probe, tbe astronaut v1ll be of value prime.rily 
in the roles of observation and decision-making. 
These higher-order fwlctions of the astronaut's 
capabilities require optimum comfort . ln order 
to achieve an optimum comfort system, the design 
of the lunar life support system must be based 
upon a knowledge of the l unar environment, the 
objectives of the exploratory mission, a.nd the 
physiological requirements of the astro1naut. 

B, Factors in the Design of Life 
Support Syst.ems for Lunar 
Exploration 

As sho'WD in Table 5, the lunar environment is 
extremely hostile to human life , and ex.hi bi ts 
many factors peculiar to itself which must be 
considered in the determination of design re­
quireirents for lunar landing life suppoi:-t systems . 
Figure 10 shows the temperature variati<>n on the 
lunar surface from the subsolar point t() the limb . 
Shovn in Figure ll are the changes of surface 
temperature near the limb, during a lunar eclipse . 
In 3-3/4 hours, the temperature may drop from 
156°F to -186°F; since lunar night is 13 earth 
days long, it is believed t hat the temp1~rature 
on the dark side must approach absolute zero 
prior to lunar sunrise,10 

In order to provide an optilllWn thermal ,environ­
ment for tbe astr onaut in the environme·nt of the 
moon, in eey design analysis, attention must be 
directed toward elucidation of those factors 
affecting man I s t.bennal requirements on the lunar 
surface . These factors may include: ( l) reduced 
gravity; (2) rates of change of tempera.ture; 
(3) pressure level, atmospheric composition, 
level of contaminants, atmospheric temperature, 
bumidi ty, and air motion, and mean radiant 
temperature of protective garment; and (4) in­
tensity of transmitted solar radiation. through 
transparent porti ons of the life support system 
and subsequent heating effects on the a~trona:ut's 
body. 

In order to utilize optimum design criteria, it 
is necessary to consider the mechanism of thermal 
regulation in the human body. For ex.811iple, up 
until recently, 1 t vas hypothesized thnt beat 
loss or production 'W8S ini t:!a ted in response to 
skin temperature. In 1961, Benzinger ohed new 
light on the mechanism of thermal regulation in 
the hu!nan.11,12 Neurosurgical evidenci: led him 
to believe that the temperature-regula'~ing cen­
ters are located in the brain. By use of the 
gradient calorimeter (for measurement <Jf heat 
loss) , respiro.tory gas analysis equipment ( for 
measurement of heat 'Production), and skin and 
cranial thermometry ( for measurement of the 
stimulus ) , a unique experimental approach \188 

developed vhich verified his bypothes~s . He 



Factor 

l. Mean distance from earth 

2. !f.ean diameter 

3. Rotational period 

4. Intensity of solar radiation 

5. Albedo 

6 . Radiation 

7. Gravity at surface 

3 . Atmospheric pressure 

9. !ieight range of topographical 
features 

10. Surface texture 

11 . Beari ng properties of surface 

12. Surface temperature 

13. Sub-surface temperature 

14. Meteor nux 

15. Penetrating nux for aluminum 

TABLE 5 

S~'IBD CHARACTERISTICS OF '.fflE UJMAR ENVIRON!~IT 

Value 

238,857 miles 

2,16o miles 

27 .322 mean solar days 

U.2.2 Rtu/hr-ft2 

6 
0 .01 

? 

5.32 ftjsec2 

10-13 terrestria.l atmosphere 

+30,000 rt to -17,000 ft 7 

Non-unit'orm; dust - covered 

7 

273°F to -46o°F 10 

< 32°F 5- 10 cm belov surface 

-22°F c. one meter belov surface 

¢: 10-12 m-10/9 9 

Comnents 

Indicates dark colored, dust covered surface. 

Very l ittle information on magnitude and type of radiation at 
lunar surface . 

Very nearl.y that in deep space. Moon may serve as excellent 
locati on for high-vacuum experimentation. 6,7 

Polariz.at8on curves of moonlight are t ypi cal of po""dery opague 
surface . Radar s1gnals of 10 cm wavelength i ndicate particle 
size in micron to Cli.lliceter range. Variation of temperature 
during lunar eclipse iijdicates tbennal properties of a 1>0"'dery 
material in a vacuum. Non-uniform distribution due to hyper-
velocity meteorites impacting on surface and accelerating i:ruch 
of dust layer to escape velocity. 8 

Unkno"'111 but vill be under intensive investigati.on 1n ortr to 
define engineering requ.irel!lents of Apollo landing gear. 

From long-vave, infra- red anal.ya is. 8 

May be too lov. 7 

</J = meteor nux (number of particles/met2 - sec) 
111 = particle mass ( glllS ) 

Same flux as incident to earth a"boosphere . 
'J111s relationship verified by earth satellite instz,imentation . 

If= penetrating flux (penetrat1ons/met2-sec) 
t = thickness of thin sbee"t (cm) 
v = impact velocity (km/sec) 

l 



found tbat evaporative beat loss is oearly propor­
tional to the increase in cranial temperature above 
a 37.11°c set point, and increases to four times 
the resting heat loss for an increase in craoial 
temperature of only o. 5°c . These findings are 
sho\11'1 in Figure 12. In addition, it has been 
demonstrated that the relation between cranial tem­
perature and s1oreat rate is inde-pendent of work rate 
and skin temperature; thus it may be concluded that 
a unique relationship exists between cranial 
temperature and the powerful heat loss mechanism 
of a1oreating. This finding should be explored fur­
ther in order to ascertain the feasibility of 
incorporating sen.sors in the thermal helmet portion 
for control. of the sealed capsule's regulation 
system. In addition, further work in this area 
is required in order to define the required state, 
flow rate, a.~d distribution of gaseous atmosphere 
over each segment of the body in protecti ve gar­
ments under reduced pressures and gravity. 

In the design of lunar life support s.yetems 1 atten­
tion should be given to matching York loads to 
system requirements. For sedentary individuals, 
the optinrum environmental conditions have been 
thoroughly investigated. However, the :required 
thermal conditions for Yorking individuals in 
reduced pressure atmospheres and reduced gravity 
conditions are not so 1orell defined. It has been 
found that in the terrestrial environment, the 
required temperature for a work rate corresponding 
to a metabolic rate of 850 btu/hr (approximately 
equivalent to walking at 2-½ miles per hour) is 
69°F at an RH of 50 percent.13 The radiation and 
convection loss \/'ill total 425 btu/hr, and evapor­
ative heat loss \/'ill also be li25 btu/hr. Continued 
theoretical and eJC1)erimental work must be conducted 
however, to determine relative effects under condi­
tions simulating the life support system in the 
lunar environnent. 

Another factor of prime importance in the design of 
a thermal environment for lunar spacecraft is the 
mean radiant temperature . As shown in Table 6, 
radiation exchange is the larger fraction of human 
heat loss. Since in reduced gravity and pressures, 
convective heat loss is reduced*, thermal regula­
tion by control of radiant interchange becomes 
extremel~, important. 

TABLE 6 

HEAT EXCHANGE PARTITION, 

77°F db = 77°F mrt 

Partition Heat Loss,Btu/hr 

Radiation 

Convection 

Evaporati on 150 
400 

% of Total 

40.8 

21.7 

37. 5 
1oo.5 

In a terrestrial environment (with natural con­
vection) at an ambient temperature of 77°F , the 
average body surface temperature is 87°F . 17 In a 
reduced gravity sealed environrrent > \Ii th air at 
14. 7 psia and forced convection \l'ith a velocity 
of 10 ft/min., the ambient air temperature should 
be 75°F in order to provide a body surface temper­
ature of 81°F. 

With an oxygen environment at 5 psia and forced 
convection .iith a velocity of 10 rt/min., the 
ambient temperature should be 73°F. Al though the 
required ambient gas temperature is not appreci­
ably changed, the proportion of radiation to 
convection i s appreciably altered. I n the case 
of the terrestrial environment, a decrease in 
mean radiant temperature of 1 °F can be compensated 
for by an increase in air temperature of o.5°F. 
In the case of air at 14. 7 psia and a reduced 
gravity environment, a decrease in mean radiant 
temperature of l °F is compensated for by an in­
crease in air temperature of 3. 4 °F. For oxygen 
at 5 psia, the ratio i s 1°F mean radiant temper­
ature change to 5 .8°F air temperature change. 

Much work remains to be done in the design of 
optimum thermal control instrumentation for lunar 
life support systems. Obviously, the extrapola­
tion of subjective comfort evaluations (as \./ell 
as objective physiological data) from terrestrial 

' The ff?e convection qeat transfer coefficient for the mnnan body takes the form: 
h : C • L ( lier • NPr ) ,; vbere: h "' free convection heo.t transfer coefficient; C :: a constant; 

k = thermal conductivity of gaseous atmosphere; L = a characteristic length = 1 ft. for a man in 
an air atmosphere; Nor = Grashof number; and NPr : Prandtl number. 

Asswning an air pressure of 5 psia in the lunar life support system, the ratio of heat transfer co­
efficient on the Doon as compared to tbe terrestrial environment is obtained from the definition of 
Grashof number and the variables of interest: bm =(8m . Pm2) 1/4 

¾ 8e P/ 
where: 
psia. 

g : gravitational acceleration, ft/sec2 ; e = earth; m : moon; and p = pressure of atmosphere, 

Thus, hm/he ~ f1/6 g . -1:_) t; ~ o . 49 
\ g 152 

It is therefore apparent that an appreciable amount of natural convection may occur in the lunar life 
support system; however, it should be recognized that inertial f orces on the gas mass induced by the 
motion of the system as well as by the gas flow and distribution system Yil.l cause forced convection 
heat transfer to predominate, 
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environments to 1:be environment of the life support 
system on the lunar surface, through heat transfer 
ana.l.ysis alone, 1,s open to criticism. Additiona.1 
partitiona.1 ca.lorimetrJ studies are needed to define 
the effects of gns CO!!lpOSi tion, p>-essure ,and motion 
on objective as well as subjective physiological 
reactions . Al though a great deal of f'undemental 
information is 11:1.cking, prelilllinary analyses of 
requirements for lunar environmental control sys­
tems should be CQnducted in order to a.scertain 
critical problem a.reas . Such an analysis is pre­
sented in the fo:Uo•.,ing section. 

C. Ant!llysis of Requi rements for 
Lu:nar Environmental Control 
Systea:s 

A prelimi nary a.n:a.lysis of tbe lunar envi rorunent, 
the physiological requirements for sustai ning man 
in tbis environment, and the mission objective for 
lunar exploration indicate tbat the lunar l i fe 
support system must be a mobile capsule - suit 
combinati on. The requirements for this life support 
system are show schematically in Figure 13. In 
order to detenn:1 ne the types of instrumentation 
a.Dd equipment \Illich \lould meet the requirements of 
the lunar life support syste:n in an optimwn manner, 
prelilllinary engineering 8.ru\lyses of expected loads, 
a."ld of methods for pr otecting the human component 
from these loa.ds, must be conducted. 

1 . 3ea.led Cabin Atmosphere Selection 

Several atmospheric compositions have been con­
sidered for space vehi cle environment, such as an 
oxygen-nitrogen mixture at a total pressure of 
11. 0 psia, oxygen-helium at G. 5 psia, oxyeen at 
11.0 psia, oxyeen at 5 , 0 psia, and oxygen-neon at 
J 1.0 psia.14 Thie pbysiologicall :r acceptable par­
tial pressure ra.nge of oxygen in the atmosphere is 
limited by a decrease in bu!llan perfor.ne.nce below 
a pressw-e of 1 . 64 psia, and by t he toxic effects 
of breathing pure oxygen at e pressure above 8 .2 
psia . To reduce the hazard of decompression sick­
ness under conditions of slow cabin leakage, a 
pressure of 3, 5 psin is desirable . 15 Tae inert 
component of the at.nospbere is selected to mini­
mize fire haze.rd,blover power requirements, and 
vocal pitch change , and to maxiniize heat transport 
properties . 

It may be assW'!Etd that the volume of the lunar 
life support sy11tem is small, and as a consequence 
the decompressie>n ti.Jr.e in the event of meteor 
puncture would be small, regardless of the ini tial 
pressure . Thus,, rapid decompression could best be 
prevented by a uelf-sealing layer and an atmos ­
pheric gas suppl y sufficient to maintain pressure 
until a return 1;o the operational base . In order 
to minimize lealtage and insure flexibility of any 
movable portioru1 of the system, a total pressure 
in the range 5 to 10 psia is desirable . 

An optinnnn sys~im may incorporate a neck seal which 
permits vent1la1~ion of the helmet portion with 5 .0 
psia oxygen , and the ventilati on of the balance of 
the system vitb lo\1-pressure nitrogen. 

2 . Thermal Shit?ldiog from Lunar Environme_nt 

The temperature of t he lunar surface varies from a 
high of 273°F at the subsolar point to per haps as 
low as -4fo°F bt?fore lunar sunrise. Consequently, 
it is necessary to minimize thermal. i nterchange 
with the ltmar 13urface insofar as possible . In 
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addition, solar radiation reaches the lunar sur­
face unattenuated; thus both direct sola:r and 
reflected solar radi ation are incident u:pon the 
life support system. In the following p:ara.graphs, 
a brief analysis is presented on the thermal. loads 
transmitted to a lunar life support syst,em assumed 
to have an area 1. 3 times the area of the human 
component a;nd i nsulated by means of super -insula­
tion . 

Super- insulation is considered due to its many 
advantages in the lunar environment. 'lbese ad­
vantages include: 

1. Extremely low transmittance 

2 . Light weiaht 

3. No need t o evacuate t he insulation 
in the lunar environment 

4. Ease of application of selective 
metal coatings 

5 . May aerve as shield to protect 
agaiD.s t meteorite puncture • 

The pr i.!?lal"y disadvantage of super-insulation, 
ho;iever, i s its f ragility and lack of flexibility , 
Approximately 1/4 inch thickness will be required, 
and this ~hickness M.y cor.iprise 10 to 20 layers 
of foil . 1t It is desirable to select a surface 
for the system that will provide mini= absorp­
tion of solar and infra-red radiation. A silver 
conting, for ex(J..-,ple, will provide this function, 
due to its lov solar and infra- red absorptivities , 
0 ,07 and 0 ,02 respectively. 

T'ne the=al load transmitted to the interior of 
the lunar l i fe support system is the net sum of 
the load components : 

4systcm = <!solar + <leJ.bedo ¼ 4thennal- lunar 

- ~pace 

The heat tra=ferred through the insulation sur­
rounding the system is: 

4system = U ¾ (Ts - Te) 

\/here: 
u = 

¾ : 

Ts = 

Te = 

s 0 . 02 • 25,4 (Ts - 537) 

• o . 5o8 (Ts - 537) 

tran.sltlttance of insulatioi:1, 
0.02 Btu/hr-ft2 

system area: 19,5 x 1 .3 = 25,4 ft2 

temperature of system exposed to 
lunar envirolllnent, °R 

environmental temperature 
system :: 77°F :: 53?°R 

withi n 

The solar radiation absorbed by the system is: 

<lsolar = Is Apa °' s 

= 442.2 · 3· 0 ,07: 92.9 



where: 
Is : soLar intenaity

2
on lunar surface, 

442.2 btu/hr-ft 

- irradiated area of system, 
assume 3 ft2 

o.'s = solar absorptivity, 0 .07 

The albedo absorbed by the system is: 

4albedo = a Is <Xe Az.s Frs-m 

where: 

= 0.07 • 442 .2 · 0 .07 · 20 .3 • 0 .5 

: 22 btu/hr 

a = moon1 albedo = 0. 07 

1\-s : su.rface area of astronaut x (system 
area/surface area) x ( radiating 
area/system area) 

= 151 . 5 • 1.3 • o .B = 120.3 sq. ft . 

Frs-m : view fact or (system surface to 
lunar surface)= 0 ,5 

'Ihe thermal ini:erchange between tbe system and the 
lunar surface is: 

where: 

qthermaJ.- l unar • O"' Ars Frs-m "'t 

• ( Tm 4 - Ts 4) 

: 0,173 • 20.3 • 0 . 5 • 0 ,02 

0- = Stefe.n-Boltunann constant 

ext = thi~nnal absorptivity = 0.02 

Tm= temperature of lunar surface, °R 

The tberma.l rad.iati on to space is: 

4s = er Ars o: t Ts 4 

= 0 .173 • 20 ,3 • 0.02 (~)
4 

4 
100 

= 0 .0703 (~) 
100 

Summing tbe above equations provides 

on the shade side of the moon. 

And, 

0 ,5o8 (Ts - 537) : 115 + 0,035 ( Po~ )4 -

0.105 (1~ t 
on the sun side at the sub-solar point. 

These relationships are plotted in Figure 14, from 
'Which it is seen that the maximum beat gained by 
tbe l ife support system at the sub-solar point is 
50 btu/hr with the outside surface temp,erature of 
the system reaching 175°F. On the shade side of 
the moon, tbe beat loss is 45 btu/hr wi.th the 
surface temperature dropping to -lO°F. 

Since shading devices can be provi ded t:o minimize 
heat gains from the transmission, and ultimate 
absorpti on, of solar radiation pass ing through 
transparent sections of the system at SIS low a 
value as desired, this load source is purposely 
neglected. 

3. Meteor Shielding 

Bjork9 gives the following relationshiI> bet'Ween 
penetrating flux, sensitive area., and time of 
exposure for a 0 ,99 probability of no puncture in 
the sensitive area, 

exp ( - 'I' A 7"') : 0, 99 

where: 

2 
A : sensitive area, meters 

r = time of exposure, seconds 

"f = penetrating flux 

Combining the relationship for penetra·ting flux 
with the above yields the required aluminum thick­
ness to protect with a 0 ,99 probability of no 
puncture. 

t = 1.9 • 10-3 ,?-/3 . (A 1"') 3/10 

The above expression fort is plotted 13.gainst A 
in Figure 15 for the appropriate meteo:r velocities . 

For a life support system with a sensitive area of 
1.90 sq. meters, in a six-hour mission 

A'f' = 1.90 · 6 • 3600 = 40,800 

e.nd loglO A 7" = 4,61 

and consequently,from Figure 15, the ~equired armor 
must be 0,1 cm or 0 ,039 in. thick. 

MUltiple foils of thermal insulation will serve 
the dual purpose of insulation and meteorite 
shielding. Due to particle break-up with multiple 
shiel ds, it has been demonstrated that materi ally 
less total shield thickness may be required than 
the single 0 ,039 in. shield calculated above . 



4. Atmospheric Temperature and Humidity Ccontrol 

The individual in the lunar life support s:rstem 
might induce a sensible load of !1-25 btu/hr and a 
latent load of the ssrne magnitude during me~ximum 
"'ork. For optimum comfort, the cabin atmos,phere 
and mean radiant temperature should be 65°1;·. An 
atmospheric relative bumidi ty of 50 percent; is 
desirable . 

The total maximum sensible load on the cool.ing 
system will be the sum of the conduction lc,ad 
through transparent sections of the system, person 
load, and equipment load. The aggregate of these 
loads 1s 500 btu per hour. Assuming no mo:l.sture 
sources in tbe system other than the man, the 
maximum latent load is 425 btu per hour. 'l~e total 
cooling load is thus 925 btu per hour . 

The high temperature on the sun side of the· lunar 
surface precludes the direct rejection of t.be 
sensible load to the lunar environment; tbe•refore 
some form of .refrigeration must be provided!. 

Methods which suggest themselves include : 

1. Vapor cycle refrigeration 

2. Evaporative cooling 

3. Regenerative ice refrigeration 

Schematics of these three systems are sho\.lT:. in 
Figure 16. System specifications are found. in 
Table 7. 

A psychrometric analysis of the atmosphere­
conditioning process discloses that the hea.t 
excbanger

0
surface temperature should be approxi­

mately 4o F in ore.er to remove the required. 
amount of sensible and latent beat. 

The vapor c~•cle system requires a space rad.iator 
for heat rejection. A high radiator inlet temper­
ature provides a small radiator area, a lo~• cycle 
efficiency and a large power supply for the 
compressor. Thus, the system \/eight must be 
optimized. 

Tne optimum mounting position of a radiator with 
selective surface coating would be on the t.op of 
the lunar life support system. The equivalent 
space t emperature, assuming the vorst condition 
( nonnally incident solar radiationJ, for this 
radiator would be approximately 86 F. Equi valeot 
space temperature for a side-mounted radiat.or 
"'ould be higher, due to the fact that the unit 
"'ould "see" the high-temperature lunar surface . 

If dehwnidificcitio~ by adsorhent bed or absorbent 
spray is used, the surfacP. temperature of the 
heat ~xcbanger can be 1.1aterially higher and the 
coefficient of performance of the refrigeration 
system can correspondingly be raised. Such system, 
require high temperature reactivation, however, 
and water reclamation is awkward. 

As noted earlier, it has been postulated that the 
temperature a fe"' centimeters under the lunar 
surface is below the freezing point of water . 
Assuroing that the dust layer can be removed from 
underneath the lunar life support system by jet 
blast or other means, a lo"' temperature beat sink 
would be available . A flexible bag enclosing a 
substance of large beat-of- fusion such as water 
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might be placed in good thermal contact with the 
lunar surface in the cleared area when the life 
support system is stationary. During this period 
the water would freeze. D..iring mobile operations, 
the bag would be retracted, and the heat generated 
in the life support system would be rejected to it 
by suitable means. 

TABLE 7 

SYBTEM SPECIFICA~OlIB 

Vapor 
Cycle Evapora­
Refrig- tive 
eration Cooling 

Minimum heat ex­
changer surface 
temperature, °F 

Re frige ra...'lt 
temperature, °F 

COP 

Compressor 
po-wer, HP 

40 

30 

200 

1.56 

0 .2 

Blover power,HP 0 . 02 

Battery require- 1014 
ment for 6-hour 
mission, w- hr 

Radiator area, ft
2 17 

Fixed weight,lb. 12 

Wei ght determined 32 
by 6-hour mission,lb 

Total wt. ,6- hour 44 
missicn 

4o 

30 

0.02 

90 

2 

10 

12 

Heat Transfer 
to Lunar 
SUb-Layers 

40 

30 

0 .02 

90 

2 

20 

* Assuming regeneration every 2 hours. 

System \/ei ghts as a function of mission length are 
sbmm in Figure 17. For tbe vapor refrigeration 
cycle , the fixed vieight items are the colllpressor, 
radi ator, heat exchanger, fan_, and expansion valve. 
The battery weight depends upon mission time. In 
the \./Ster boil-off system, fixed \/eight ite.ms are 
the beat exchanger and fan. Battery weight and 
in1 tial water inventory depend upon mission t:I.Jlle. 
The fixed weight items in the regenerative ice 
refrigerati on system are the heat exchanger, fan, 
pump, and ice inventory. It is assumed that 
regeneration is provided every t-wo hours. Battery 
,-eight depends upon mission time. 

~e secondary batteries of all three systems are 
rechargeable at the operational base (or vehicle), 
No working media are expended in the vapor-cycle 



Fora 

Thermal shielding 

Meteor shielding 

Atmosphere 

Optimum state of atmosphere 

Cooling load: Btu/hr 

Probable heat sink 

MobiHty provided by 

TABLE 8 

CHARACTERISTICS OF A LUNAR LIFE SUPPORT SYSTEM 

Suit-Capsule Combinati on 

Aluminum foil super-insulation, 
~- inch thickness vith silver 
coating on outside. 

F'or 0.99 probability of no puncture 
1.n six-hour mission, 0 . 039 inch 
a.luminum sheet required. May be 
1.ntegrated vith thermal shield. 

In Hel.Jr.et 

Compositicin 02 

Pressure 

Regenerati.on 

At Rest 

Conduction from lunar 
environment 

Person loii.d 

Misc. load 

Total maic .. sensible 

Total max. cooling load 

1'/13.ter boil-off 

3.5 psia minimum 
5.0 psia recommended 

Passive mixed super ­
oxide chemical 

Working 

Sensible 

50 gain on sun side ab 
45 loss on shade s i de 

425 

25 

500 

J1~t propulsion or land contact 

a. Outer surface temperature :: l 75°F 

b. Outer surface temperature = -l0°F 

66 

In Capsule 

5 ,0 psia 

Dehumidification and 
cooling by heat­
exchanger 

Latent 

425 

500 

925 



or regenerative ice refrigeration systems . In the 
water boil-off system, water is lost; howe•v-er, 
excess water produced by the power and o.tmCJsphere 
control systems in the mother vehicle can lbe used 
for this supply, Iu conclusion, water boH-off 
shovs desirable 'lleigbt and systems feature1;1 for 
thennal control of lunar l ife support systmns for 
missi on times of at least 6 hours. 

D. Characteristics of a 
Mobile Lunar Life 
Support System 

In summary, it may be stated that tre resU:L ts of 
a preliminary analysis of a lunar life support 
s)'Btem indicate that the system must be of a 
capsule-suit combination. Due to the texture ll.nd 
topographic features of the lunar surface, 1 t may 
be desirable to propel the life support sy13tem by 
both jet and land contact, as required by ·the 
mission objectives. Mobility can be provicied by 
jet propulsion in order to explore topographical 
features of considerable height range or a:ireas 
remote to the operational base. Provision for 
over- l and propulsion would be desirable in order 
to allow vernier control of position for close 
inspection and minimum disruption of surface detail. 
From reliability consi derati ons , it would be desir­
able to provide means of propelling the syntem by 
muscle power in the event of component or oubsystem 
failure. The outer surface of the system 1nay be 
lined with a metallic foil, serving both as a 
vacuum super- insu:Lation and metcoro id shielld . 

In order to minimize leakage and rigidity of flex­
ible parts, a low-pressure atmospbere shou:Ld be 
selected, The optimum system may incorpor11.te a 
neck seal to permit ventilation of the hel.met por­
tion with 5.0 psia oxygen, and ventilation of the 
balance of the system with low-pressure nilt;rogen. 
The enviromnental temperature should be ad1)usted 
automatically over the range of 73°F to 65°F • The 
adjustment of the optimum temper ature \./Ould pre­
ferably be controlled by work rate . Ma.nuaJL over­
rides should be provided. Controlled water re­
moval should result in an amb ient humidity at a 
value near 50 percent. Cooling by vater boil- off 
and the control of breathing by a passive [[lixed 
superoxide chemical reactor appear promising as 
thermal. and atmosphere control techniques 1'.or 
missions up to 6 hours in duration. 

Suggested characteristics of a life support system 
for lunar exploration are summarized in Table 8 . 
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Abstract 

Atmosphere cont rols for advanced manned space 
vehicles will In some cases require techni ques 
different from those selected as optimum for the 
Mercu ry environmental control system (ECS) . Wa ter 
conservation wil 1 be rigorous for vehicles which 
use a solar or nuclear auxiliary power unit ( APU) . 
For missions longer than a few hundred hours, CO 2 
wil I be removed in a regenerable process - Several 
promising regenerable CO 2 removal systems are 
presented, including freeze-out. 

Regeneration of oxygen from CO2 Is discussed 
as the next step In atmosphere control advancement. 
Test work on COz hydrogenation by the Sabatler 
p rocess is cited . The recomnended makeup of ECS 
elements is presented as a function of mission 
du rat ion. 

Introduction 

Environmental control systems (ECS ) Include 
at least the following functional elements: 

I. Thermal management 

2. Water management 

3. Atmosphere composition management 

4. Food management 

5. Waste management 

6. Power management 

In terms of the equipment selected to perform 
these functions, considerabl e overlap exists be­
cause of multi-function elements. For example, a 
cooler-condenser-wate r separator performs in one 
component essential functions of thermal manage­
ment, water management, and atmosphere composition 
management, Functional tie-Ins exist between the 
ECS and other subsystems. For example, thermal 
management should extend to the thermal design of 
power-consuming equipment , to provide a suitable 
path for heat flow f rom source t o sink, compatible 
with low-penalty l \quid cool Ing media 1

1
2 • 

This paper conside rs In detail the subjects 
of water management and t he part of atmosphere 
composition management related to CO 2 removal. 
Other ECS elements are considered only In a 
surrrnary chart which makes recommendations as a 
function of mission duration. 

Water Management 

Water management ls a key problem in space 
~ehlcle environmental control, for three reasons: 

I. Water Is essential to human I ife over time 
spans short compared to durations of presently 
planned space missions. 
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2. The quantities of water required for I ife 
support are larger than required quantities of any 
other constituent, 

3 . Water management Is functionally interrelated 
to several other elements of environmental control, 
such as energy- balance comfort in terms of 
atmosphere humidity control, and CO 2 removal . 

Table I shows a typical human material 
balance, as estimated for a space mission of 
several days or longer , As shown by the footnotes 
to the tabl e, the numbers contain varying degrees 
of arbitrariness; however, they should be quite 
adequate for purposes of system parametric analysis 
and evaluation. 

Table II is made up of the water entries 
from Table I- The 1 istlng shows a total of water 
produced of 12 -25 lb/man day, compared with a total 
consumption of I I .o lb/man day . The excess of 1. 25 
lb represents approx imately 1. 0 lb r.ietabol ic water 
(formed by oxidation of hydrogen in food) and 0 ,25 
lb of water present as H20 in the food supply. 
( The 0,25 lb of water in the food supply repre­
sents a free source of water as long as stored 
food is ca rried, Missions for which food Is 
reprocessed are beyond the scope of this paper.) 

Given the objective of closing the water 
loop to the extent of providing al I the drinking, 
cooking and wash water needed, the favorable 
margin of 1. 25 lb/man day is narrow enough to pose 
a challenging problem to the vehicle and ECS 
designers . They must not only design effic ient 
water recovery equipment, but also minimize casual 
losses of water from the system, as by leakage 
overboard or migration Into unrecoverable areas on 
the vehicle. 

A more ambitious water loop closure would 
include oxygen recove ry from the metabol ic water 
as wel I as purification of the waste water- This 
is not recorrmended, even for a 3000 hour mission, 
although on a mission of this length oxygen would 
be recovered from CO2 , Some material losses are 
Inevitable In a nomina l ly c l osed system, Water 
storage can be provided to make up these losses ­
Oxygen recovery wil I be discussed further under 
CO 2 management . 

The al location of 5. 7 lb/man day for pro­
duction of exhaled and perspired water vapor 
merits some discussion, This water production Is 
cons is tent with a metabolic rate approximate\ y 
15~ of the basal metabolic rate ( BMR) for a 90 
percentile man, and with a 50- 50 spill of the 
metabo\ le heat output between latent and sensibl e 
cool Ing. The assumed met abolic level appears 
reasonable for space missions of a few days or 
longer, where physical activity wil I be inherently 
somewhat I imlted . The 50-50 latent - sensible spl It 
of the metabol le heat load is based on the assump­
ti on that the astronaut spends about half his time 
in a pressure suit (where the cooling load is 



about 65% latent), and the other half of his time 
In a shirt-sleeve envl ronment (where the cool Ing 
load Is about 65% sensible). The cool Ing load for 
suit occupation is largely latent because of the 
restricted suit ventilation rates compatible with 
reasonable power consumption. 

The 5. 7 lb/man day figu re is representative 
of the average quantity of exhaled and perspired 
water vapor available for recovery; the actual 
design of recovery equipment could wel I be pre­
dicated on even higher peak rates. 

As far as the human water balance is con­
cerned, any recovery system which comes within 
(app roximately ) 1.25 lb/man day of recovering all 
the produced water wll 1 be satisfactory. A high 
latent load wl 11 Increase water vapor produced and 
drinking water consumed by equal amounts . 

The water sources 1 isted In Table II are 
designated p ri mary sources . They are: water 
vapor (exha led and perspired) , waste water {urine 
and wash water ), and fecal water. It has been 
pointed out that operating at a break-even or 
favorab le water balance is a feasible but chal Ieng­
Ing problem, requiring highly efficient recovery 
equipment. Fortunately, this problem will be 
relaxed in space missions where by-product water 
sources are avai I able. Table III repeats the 
primary water balance of Tabl e II, with supple­
mental entries for two by-product water sources 
expected to be available in space missi ons in the 
two-week class. The two enumerated by-product 
sources are LiOH ( used for CO2 removal ) and a 
hydrogen-oxygen APU, which could be either a fuel 
eel I or a combustion heat engine. 

When absorbing CO2 , LiOH produces water vapor 
according to the reaction 

2LIOH + CO2 

Pract lcal I y al I the water produced by this react ion 
shows up as vapor in the gas flow out of the bed, 
and Is therefore recoverable to the same extent as 
is the exhaled and perspl red water vapor . The 
quantit y of water produced by LiOH (0 .9 lb/man day) 
cou ld be a significant entry on the plus side of 
the water balance, were It not overshadowed by the 
much larger quantity of water available f rom the 
APU. 

The water available from the APU has been 
estimated to be 8.0 lb/man day, consistent with an 
average electrical load of 1/3 KW/man, and a spe­
cific fuel consumption of I lb/KW hr. Lowe r rates 
of APU water availabll ity per man are believed 
uni i kel y. 

Table IV shows the effect on water balance of 
various combinations of water recovery sources, 
primary and by-product. Combinations of the pri­
mary sources are I lsted as column headings . The 
fl rst column depicts an all-out recovery effort 
utilizing all three primary sources (fecal, waste, 
vapor) . The other columns depict successively less 
rigorous recovery schemes. The rows show the 
effect on water balance of the two by-product re­
cove ry sources, alone or in combination. Unfortu­
nately, neither the hydrogen-oxygen APU nor LiOH 
for CO2 removal ls compatible with long space mis­
sions (of the o rder of months in duration) ; so that 
in the absence of by-product water, these missions 
wi 11 require the most rigorous water management. 
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A brief discussion of water recovery tech­
niques is now in order. Exhaled and perspired 
vapor, together with any LICH-generated water vapor, 
is recovered by condensation and separation from 
the space vehicle atmosphere. Figure I shows typ­
ical atmosphere, water and water-glycol coolant 
flow rates for handl Ing cool ing and dehumidifying 
requirements of one man- The water-glycol would 
of course be cooled In a space radiator. 

For comparison, a comparable process without 
water recovery is shown In Figure 2. Here, the 
load on the water-g lycol coolant is reduced by 
reevaporation ( to space vacuum) of the condensed 
water, providing full thermodynamic recovery of the 
heat of water condensation. 

Equipment capable of functioning as indicated 
by Figure I, Fi gure 2, or an intermediate case 
where the water condensate is partially recovered 
and partially reevaporated has been built and 
tested. Figure 3 ls a photograph of a development 
cooler-condenser-water separator. The unit is a 
cor,ventional plate-fin liquid-cooled heat exchanger, 
with the addition of bats of wicking material 
between adjacent fin rows on the atmosphere side. 
The cooling 1 iqu id keeps the metal surfaces of the 
heat exchanger below the dew point. Water from the 
moist atmosphere throughflow is condensed on these 
surfaces, forming a thin condensate film from which 
it is drawn Into the wicking materia l by capi I lar­
ity. The wicking bats pass through a side wall of 
the heat exchanger into a water-collecting manifold. 
This manifold ls packed with material which, when 
wet, effectively blocks the flow of air, thereby 
preventing air entrainment In the recovered water, 

Tests of this device have been encouraging, 
having demonstrated neg ! lgible air loss and 100% 
water separation efficiency with the atmosphere 
flow downward. Performance with flow downward, the 
least favorable direction for ful 1 water recovery, 
indicates a probable performance margin under 
zero-g condlt ions. 

Devel opment of this water recovery unit is 
believed to represent a s igni fl cant advancement in 
the technology of zero-g water separatlan, for the 
following reasons: 

1- The device Is passive. 

2. Neg l i g I b I e power Is requ I red. 

3. We ight penalty chargeable to separation is 
small. 

4. Water is removed at ths point of condensa­
tion, el iminatlng the need for back-pressure pro­
ducing blowoff of the water from the co,:,ler­
condense r . 

5. Ultimate performance in terms of separation 
efficiency and air loss is achieved . 

Order-of-magnitude estimates of the penalty 
Involved in condensing and recovering w~ter have 
resulted in a penalty of 10 lb of fixed weight per 
lb/hr of water recovered. This figure includes the 
portion of radiator, liquid coolant system and 
coolant pumping power chargeable to wat,H condensa­
t Ion. It does not Include tankage for 5tored wate~ 
This figure indicates the desirability of recover­
ing exhaled and perspired water vapor from the 
space vehicle atmosphere in missions of duration 



beyond a few h,ou rs. 

Urine-wa,ste water recovery poses a number of 
problems, the most Important of which Is purity of 
the product- Pretreatment of the feed with acid 
to a pH of 4 c,r 5, processing at a low temperature, 
and charcoal filtration ( and possibly ultraviolet 
radiation) of the product are reconvnended. 

Although many schemes of waste water treat­
ment are poss Ible, batch distil lat Ion under vacuum 
conditions appears to be the best. In the absence 
of forced fl0Y1, both the evaporation and condensa­
tion portions of the process have to be designed 
carefully to ~,ork In a zero-g environment. The 
distillation process Is thermodynamically straight­
forward. For a noml nal l y constant-pressure process, 
a temperature difference of about s°F (at 150°F1 Is 
required; for a nominally isothermal process, a 
pressure 11ft of about . 5 psi Is necessary. These 
11 fts are thoi;e requl red to overcome the vapor 
pressure deprnsslon associated with the sol ids 
dissolved In urine at the end of a batch recovery 
process. An additional temperature difference Is 
required for heat transfer. Figure 4-a, b, and c 
shows three wdys of providing the required tempera­
ture or press1ue I if~: use of an available heat 
source and sink. vapor compression, and a thermo­
electric heat pump. Because of the low flow rates 
( in the range of I I b/man hr) , power requirements 
are low enough that comparison of these three 
approaches on a formal penalty basis will not show 
significant differences. 

Figure 5 shows schematlcal ly a waste water 
recovery devi,ce, now under development, which 
utll izes a spray condenser for the dual purpose of 
generating the pressure I ift required for condensa­
ti on and for providing a g-insensltlve condensation 
mechanism. Water is recirculated by a smal 1 pump 
through the spray condenser where it provides a 
heat sink and sufficient ejector action to condense 
the waste water vapor. The condenser outlet water 
Is circulated through a heat exchanger which fur ­
nishes heat to the waste water evaporator, from 
which the flow is divided, part returning to the 
spray condenser, part being drawn off as product. 
Th~ evaporator Is batch-type, packed with a sponge­
I Ike material for g-insensitlvlty. The key to 
successful operation of the cycle is getting 
enough pressure I 1ft out of the spray condenser to 
condense the vapor . 

Prelimi nary distal lat Ion tests, conducted In 
glassware, have been successfully run at a tempera­
ture of 157°F, with 90 per cent recovery of a 
product which when filtered with activated charcoal 
met the U.S. Publ le Health standards for drinking 
water3 • 

The fol lowing conclusions may be drawn re-
3ardlng water· management: 

I. Manned space missions of duration from a few 
days t o a fe~, weeks, us Ing a hydrogen-oxygen APU 
(fuel cell or heat engine) can operate at water 
parity \ that Is, consumption equal to product ion) 
by recovery of APU water and approximately 50 per 
cent of the exhaled and perspired water. Recovery 
of feca l watcir, water from urine. or wash water 
waste (t he latter budgeted at 3.0 lb/ man day is 
not necessary in this case. The use or non-use of 
LIOH for CO2 removal does not materially change 
this picture. 
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2 . Manned space missions too long for use of a 
hydrogen-oxygen APU (and therefore req1Jlring solar 
or nuclear power) will operate under rigorous water 
management dlscipl lne. Water must be kept not only 
on board the vehicle, but within the consumption­
recovery cycle. Water parity can be obtained in 
this case without recovery of fecal water, If 
slightly more than 90 per cent of the exhaled and 
perspired water vapor is recovered, together with 
90 per cent of the waste water, including water 
from url ne. 

3. Water balance must be considered as a con­
straint on the design of related equipment, such 
as CO2 removal equipment which concurrently 
separates water and CO2 and is subsequently re­
generated by venting both water and C01

2 
overboard . 

Such a CO
2 

removal system may or may n,ot be appl I ­
cable to missions with by-product (APU wateG 
depending on the amount of overboard water loss; 
it wl II almost certainly not be appl le.able to long 
missions which have no by-product water. 

CO2 Management 

The human CO2 production ( nomi nil 11 y 2 . 25 I b/ 
man day) must be removed In a way that avoids ex­
cessive CO2 concentrations In the breathing 
atmosphere, Figure 6 shows represent.it ive human 
tolerance curves for CO2 in terms of ill lowable 
concentration versus time duration, Curve A Is 
the desirable standard for normal operation. 
Curve B sets emergency I imits, consistent with 
maintaining astronaut performance at a functional 
level ' . 

The many different ways of removing CO 2 from 
a space vehicle atmosphere can be combined into 
four basic processes, I lsted here in order of in­
creasing complexity: 

I. Open-cycle 

2. Non-regenerable 

3. Regenerable 

4. 02 -recove rab I e 

The open-cycle system, in which CO2 is 
simply purged overboard by a relatively high 
ventilation rate, has a definite place in backpack 
or emergency breathing systems. Such systems wll I 
be important for many manned space mi,;s ions . In 
spite of its high ventilating flow ra~es, the open­
cycle system has been found to be optimum for a 
backpack emergency 11 fe support sys tern of as long 
as 4 t o 5 hours duration, in comparison with a 
non-regenerable CO2 absorbent such as LiOH. The 
open system has the definite advantage of greater 
tol~rance of leakage than the system using LiOH, 
an Important considerati on In suit-backpack 
appl lcat ions, 

The non-regenerable systems are mainl y 
chemicals of two types: metal oxides or hy­
droxides, and superoxides. LiOH has been success­
fully used for CO2 removal in the Mer,::ury project. 
Its stoichiometry Is predictable. Ut i I ization 
efficiency ls 90 per cent o r better, requl ring 
about 1,2 lb LiOH per lb of CO2 absorbed. 

As previously mentioned, LiOH evolves water 
when absorbing CO2- If the evolved water cannot 
be credited to the system \and typically it 



cannot, because LiOH wil I be used on missions 
where the water balance is not critical ) there is 
incentive to consider Li20· Tests on CO2 absorp­
tion with Li 20 are now in progress . If LizO 
proves successful it wi 11 result in a 37.5 per 
cent weight saving, since (at 90 per cent 
efficiency) only O. 76 lb Li 2 0 per lb of CO2 wi I I 
be required. Unfortunate ly, there wil I not be a 
corresponding volume saving. Li 20 is about 30 
per cent less dense than LiOH. 

By comparison, superoxides, such as Na02 or 
K0 2, absorb CO2 and water vapor and produce 
oxygen, according to reactions such as: 

2NaHC0 5 + 1.5 Oz 

Ideally, the relative rates of these re­
actions should be control led to maintain an 
02 - CO2 balance with man's metabolism. For 
example, for a respiratory quotient of 0.82, the 
proper over-al I reaction would be: 

2Na02 

A simple materlal balance based on the 
above reaction shows that Na02 appears to be 
reasonably competitive with LiOH on a weight 
basis: 

I. I 8 

2Li0H I _09 
CO2 

Detailed comparisons, reported elsewhere. 
s·how that Na02 is actually non-competitive with 
Li OH fo r CO2 remova 1, even when NaO 2 is credited 
with the 02 produced, and LiOH is not credited 
wl th the water produced 5 • Also, i l appears in-
feasible to rely solely on chemical reaction with 
CO2 to produce breathing oxygen; the process is 
too vulnerable to leakage, repressurization re ­
quirements, and unbalance in 02 - CO 2 ratio . For 
this reason, the superoxide would have to be used 
as a supplemental oxygen source. On th is basis, 
the superoxide loses its primary potential advan­
tage, namely that of eliminating a separate 
oxygen supply. In short, superoxides are non­
compet i tive with LiOH for CO2 removal, when 
evaluated on an overal I basis . 

Typically, regenerabl e CO2 systems utilize 
a process which is reversibl e by exposure to 
vacuum. The process must be periodic, to avoid 
the sealing problems inherent in a rotary re­
generator- In simplest form, as shown in Figure 7, 
the device contains two sorbent beds with Inter­
connecting valving to permit regeneration of one 
bed by exposure to vacuum, while the other is 
sorbing CO2- Practical devices are somewhat more 
complex . 

LiOH is unsuitable as a regenerable absor ­
bent, since it requires excessive temperature 
for its regeneration , A survey of ail co0111on 
metal oxides and hydroxides has not yet led to 
any that are proven satisfactory as regenerable 
absorbents . In this connection, Ag20 is of 
particular interest. The 02 dissociation pres­
sure vs temperature curve for Ag2C0 5 , shown in 

75 

Figure 8, suggests the possibi I ity of absorption 
of CO 2 by Ag 20 at a temperature near 50°F and 
vacuum desorption at a temperature near 175°F, 
both temperatures being within the range of 
temperatures avai labte from the ECS, The de­
composition of Ag20 to Ag and 02 during vacuum 
desorption of the Ag2C0 5 Is suggested by the dis­
soc1at1on pressure of 02 over Ag20, but there is 
some evidence that the rate of decomposition of 
Ag20 is slow enough not to cause trouble, Tests 
of Ag 20 were not successful in ach ieving practical 
CO2 absorption rates, even at gas concentration of 
CO2 in excess of 50 per cent 6

• Apparently the 
reaction of AgzO with CO2 proceeds unti I the oxide 
surface is covered with Ag2C03 , after which it 
becomes very slow. Clearly, a way of improving 
the react ion rate is needed. If Ag20 can be 
brought close to its potential performance in 
absorbing CO 2, and if it proves stable under vacuum 
desorption, i t deserves serious consideration as a 
regenerable absorbent, since it has no affinity 
for water vapor. 

The synthetic zeol ites ( molecular sieves or 
microtraps ) are good regenerable adsorbents, They 
show good dynamic efficiency, are stable, and can 
be regenerated by adiabatic exposure co vacuum. 
Unfortunately, they adsorb water preferentially to 
CO 2, so that water must be removed rather complete­
ly in advance of CO2 adsorption. The subsequent 
processing of the removed water has an important 
effect on the water balance, as already noted. 

Regenerable adsorbent systems tend to use 
more power than the best proved non-regenerable 
system, ( LiOHl , because of the pressure drop 
associated with flow through the extra equipment 
which processes water vapor and CO2, and ( in some 
schemes ) because of the need for heat to carry out 
the regenerative process. ( Development of a re­
generable substance I ike Ag20, specific to CO2 and 
unaffected by water vapor would materially reduce 
the po,1er consumption of the regenerable CO 2 

system. ) 

Figure 9 shows schematically a regenerable 
CO, system using a molecular sieve as a CO2 ad­
sorbent, with vacuum regeneration . The process 
gas is predried by a silica gel adsorbent bed, 
which is periodically regenerated by the dry, 
essentially C0 2 - fre~ effluent gas. Heat is re­
quired to aid in regeneration of the si I ica gel. 
This system retains the water vapor ( temporarily 
adsorbed in the s i I ica gel ) in the system; this 
feature is essential for Jong missions with a 
tight water balance. 

Missions in the 300 to 500-hour class will 
be characterized by chemical APU's with relatively 
high power penalties ( of the order of 600 lb/kw) , 
ac least unt i J a solar or nuclear APU is avai lab)e. 
For such miss ions, the high power consumption of 
the system of Figure 9 places i t at a distinct 
disadvantage compared to the non-regenerable LiOH 
absorbent. 

Figure 10 is a photograph of a regenerable 
CO2 system now under development- The same system 
is shown schematically in Figure I I. The design 
objective of this device is to be competitive with 
the non-regenerable LiOH for missions in the 300 
to 500 hour class, which, with a chemical APU , are 
charact erized by high power penalties and avai I­
able by-product water . The system of Figure fO 



has therefore been designed to minimize power con­
sumption, at the expense of water recovery. This 
system differs from the system in Figure 9 in two 
ways: 

I. Si I i ca ge I is regenerated by vacuum de­
sorption rather than by purging. 

2. Heat is provided for regeneration of the 
vacuum-exposed silica gel bed by conduction from 
the other silica gel bed, which is absorbing wateG 

Heat is transferred between the two silica 
gel beds by v irtue of their being located on each 
side• of a conventional plate - fin heat exchanger. 
In essence, the water adsorbed in the s i I ica gel 
on one side of the heat exchanger releases heat 
which is partly transferred to the gas flowing 
through the si I ica gel on the same side of the 
exchanger , and partly transferred to the vacuum­
exposed silica gel bed on the other side. Calcul~ 
tions have shown that about 80 per cent of the 
heat released from the active bed is conducted to 
the vacuum-exposed bed, with only 20 per cent 
being transferred to the gas . 

The two molecular sieve beds are also packed 
into two sides of a heat exchanger, primari ly for 
convenience in packaging. 

Ex isting valves, I inked by Teleflex cable, 
were used for flow switching in this development 
unit. It may be des i rab I e to vacuum-desorb the 
~,ater vapor from both ends of the s i I ica gel bed; 
t he present valve arrangement provides for de~ 
sorption of both water vapor and CO2 through the 
same valve. One such valve is located between 
the si I ica gel and molecular sieve beds on each 
side of the unit. 

Design conditions for the unit are shown in 
Table 5. Preliminary tests are now being run to 
measure the completeness of vacuum desorption of 
silica gel, If silica gel does not vacuum desorb 
adequately, one of the molecular sieves will be 
tried as a water adsorbent . 

Table 5 shows a water loss of 1.52 lb/man 
day by vacuum desorption of the si I ica gel . This 
water loss is quite tolerable if a chemical APU 
is on board, thereby providing a by-product water 
source, The system has a lower power consumption 
than the purge-regenerated system of Figure 9 for 
two reasons: 

I. Process gas flows through only two beds 
( one si I ica gel, one sieve) . Hence pressure drop 
is reduced, 

2. No external heat is required to regenerate 
the si I ica gel bed. 

Another process of regenerative CO2 removal 
is by freeze-out. Temperatures in the range of 
225°R are required to give adequately low CO 2 
partial pressure. Given the availabi lity of 
cryogenic fluids stored on the vehicle, either 
for atmosphere storage or for APU fuel, the 
potential exists for a heat sink which is both 

,.In heat exchanger terminology, "side" refers to 
a set of para I lei flow passages taken together, 
as hot-side face area. 
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cold enough and adequate In capacity. The problem 
of water management is similar to that with the 
adsorbents, since water ice must be precipitated 
either upstream or together with the CO2-

Figure 12 shows schematically a typical CO2 
freeze-out system, consisting of four thermally 
I inked flow passes, numbered for identif ication. 
During the operating mode shown, process gas from 
the vehicle atmosphere, containing both CO2 and 
water vapor, flows into pass 2 where it is cooled 
by heat transfer to both pass I and pass 3. Both 
the ~,ater vapor and CO2 from the process gas 
freeze out on the surface of pass 2. The gas 
leaving pass 2 is essentially dry and has a CO2 
partial pressure wel 1 under I mm Hg- This gas is 
mixed with makeup LOX from storage, and the mixture 
flows to pass I. The LOX, admixed with the cold, 
dry, nearly C01-free process gas provides part of 
the heat sink for pass 2. Discharge gas from 
pass I is returned to the space vehicle atmosphere, 
The remainder of the heat sink for pass 2 is pro­
vided by sublimation to vacuum of the CO2 and HzO 
vapor in pass 3. Pass 4 is inactive. 

The complementary operating mode reverses all 
valve positions from those shown in Figure 12, 
making pass I inactive, pass 2 open to vacuum for 
desorption of water vapor and CO 2 , pass 3 the 
receiver of inlet gas, and pass 4 the regenerative 
pass. 

Figure 13 shows the performance potential of 
a regenerative freeze-out system using subcriti­
cal ly stored metabolic oxygen as a heat sink- The 
ordinate is the ratio of oxygen required to effect 
freeze-out to the metabolic oxygen . The abscissa 
is total pressure1 which controls the total quan­
tity of gas circulated. Operation below an 
ordinate of 1.0 is essential if the system is to 
work on metabolic oxygen alone, This is possible 
for pressures up to 7 psia, 70 per cent CO2 re­
covery, and 3.8 mm Hg partial pressure of CO2, In 
pract ice, supplemental oxygen (and possibly 
nitrogen) wi I I be used by the ECS for leakage 
makeup, providing a performance margin, 

Cryogenic hydrogen is an excel lent heat sink 
for CO2 freeze-out, if ava I lab le, A space radiator 
heat sink is also feasible, A smal I, oriented 
radiator panel is required . The radiator sink 
would be used for long missions where cryogenic 
APU fuel is not available, being precluded by the 
use of solar or nuclear power, and where the supply 
of stored oxygen is I imited by the existence of an 
oxygen-recoverable CO2 cycle. In such a case, the 
CO2 freeze-out system would give up its CO2 to the 
Oz-recovery system, The tolerability of water-ice 
admixed with the CO 2 -ice depends on the mechanics 
of the 0 2-recovery system; if a mixture is not 
tolerable, the HzO and CO2 can be frozen out 
separately at different temperature levels, and 
therefore recovered separately. 

Long space missions, greater than about 
2000 hours, wi I I require such large quantities of 
me tabo I i c oxygen that it w i I I become econom i ca I to 
recover 02 from CO2- Such missions wil I have 
solar or nuclear power at reasonable penalties, 
probably in the range of 200 to 500 lb/KW. The 
theoretical minimum power available for regenera ­
tion of 02 from CO2 is given by the free energy of 
formation of CO2, which is I. 13 KWh/lb CO 2 or 
I . 55 KWh/ I b o2 • Pr act ica I processes can be 



expected to consume several times the theoretical 
minimum energy. 

Clearly, power from a chemical APU ( fuel 
eel I or heat engine) which produces no more than 
about 1. 0 KWh/lb of fuel consumed, is not attrac­
tive for regeneration of 02, with a power require­
ment no less than 1.55 KWh/Jb. 02 recovery is 
therefore definitely tied to missions with solar 
or nuclear power avai I able. 

Direct thermal or electrolytic decomposition 
of CO2 has been extensively studied, with only 
I imi ted progress toward a system usefu I in a space 
vehicle, As an alternate, processes producing 
intermed iate products have been considered . A 
promising example is the hydrogenation of CO2 by 
the Sabatier process, fol lowed by pyrolytic de­
composition of methane and electrolysis of water . 
The reactions are: 

CO2 + 4H2 CH, + 2H20 ( Sabatier ) 

C + 2H 2 ( pyrol ys Is ) 

(electrolysis) 

The sum of these reactions gives the desired 
end resu It: 

Except for a smal I initial and makeup 
supply, the required hydrogen would be regenerated 
by the process . Similarly, the intermediate 
products, methane and water, would be decomposed 
as shown. 

Use of the water in the Sabatier reaction to 
augment the space vehicle water supp ly is not 
recommended, nor does it appear advantageous to 
use methane as fuel for a chemical APU. 

The Sabatier reaction has a favorable 
equilibrium ( 99 per cent conversion of CO2 at 
400°F; 95 per cent at 640°F) . Catalysis of the 
reaction is necessary for any practical reaction 
temperature; catalyst development is naturally 
aimed at a reasonable react ion at a low tempera­
ture, where the equilibrium is favorable re lative 
to competing side reactions, such as: 

CO2 + 2H2 C + 2H20 

( This is the reverse of the corr,nercial wate r gas 
reaction used to produce hydrogen from coal and 
steam. This reaction, catalyzed, proceeds from 
left to right at about I000°F. ) 

Methane spontaneously pyrolyzes at 1600°F or 
higher. The reaction is substantially complete 
at 2000°F. Reaction at lower temperatures is 
is desirable for space applicati ons. In particu­
lar, it would be desirable to pyrolyze methane at 
a t emperature low enough to absorb the heat pro­
duced by the Sabatier reaction: 

CO2 + 4H2 CH, + 2H20 + 1640 Btu/lb CO 2 

CH, C + 2H2 - 830 Btu/lb CO2 

The Sabatier reaction has plenty of heat 
available, but for this heat to have a chance of 
being used to pyrolyze methane, the temperature 
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would have to be at least 600°F, with some sacri­
fice of completeness of CO2 conversion. Even at 
this temperature, the equi I ibrium conversion of 
CH 4 to C and H2 is less than 10 per cent , To make 
the CH 4 pyrolysis complete at 600°F, carbon would 
have to be con tinuously removed. Process­
development tests of low-temperature pyrolysis of 
methane are planned as a supplement to test work 
recently completed on the Sabatier reaction 7

• The 
latter wi I I be briefly surm,arized in the next few 
paragraphs. It is of course not essential that the 
heat to pyrolyze methane be obtained from the 
Sabatier reaction, but it is desirable to do so. 

The Sabatier reaction will not work in the 
presence of apprec iable oxygen because of the pre­
ferential reaction with hydrogen to form water. 
Thus, space vehicle atmospheres, with only about 
I per cent CO 2 content, cannot be hydrogenated. 
It is necessary to work with relatively pure CO2-
In the test work reported in Reference 7, CO2 was 
obtained by desorption of a molecular sieve bed 
( Linde type SA) . Rather than desorb the sieve by 
the usual process of exhausting to low pressure 
( which in this case would require a pump) the CO2 
was removed by purging with hydrogen at 300°F. 
Approx imately 75 per cent desorption was obtained 
in a once- through process. Complete desorption of 
CO2 from the sieve is unnecessary. 

The advantage of H2-purge desorption is the 
power saved. F igure 14 shows typical power re­
quirements for pumping COz (temperature~ !00°F) 
from a desorption pressure of 0.05 rm, Hg to the 
pressures shown. The disadvantage of Hz - purge 
desorption is the variable composition of the 
purge gas, which was found to have an unfavorable 
effect on the completeness of the Sabatier 
react ion . 

In a typical run on purge gas, 85 per cent 
conversion of the CO 2 to CH 4 was obtained at 6D0°F 
in one pass through the reactor, with a nickel 
catalyst. The effect of the unconverted CO2 on 
the subsequent processing ( especially pyrolysis) 
has not been investigated. Hopefully, smal I per­
centages of CO 2 would be tolerable, passing 
through the process and being recycled to the 
sieve inlet with the produced hydrogen, 

CO formation should be avoided on principle . 
This is one of the best reasons for keeping the 
temperatures reasonably low, since CO formation is 
thermodynamically favored at high temperatures. 

Figure IS shows the elements of a complete, 
steady- flow, Oz recovery system using Hz-purge 
desorption of the sieve bed, a catalytic reactor 
for the Sabatier process, a cooler-condenser to 
separate the water produced, an electrolyzer for 
the water, and a pyrolyzer for the methane. 

The major power requirement would be for the 
gas blowers and for the electrolysis of a;ater. 
Figure 16 compares the theoretical energy require­
ment for electrolysis of water with that achieved 
by actual electrolytic eel Is. Efficiencies of 50 
to 80 per cent are typical , 02 is drawn from the 
electrolytic eel I and returned to the breathing 
system. The hydrogen from the electrolytic eel I 
is dehumidified, combined with the hydrogen from 
CH 4 pyrolysis, and returned to the desorbing sieve 
bed. 



Work to date on the Sabat , er react ion has 
gone a long way toward establishing its feasibi I ity 
for 02 recovery in space ECS, but substantial 
development of the process remains. 

Certain ion exchange resins absorb CO2 from 
gas streams. Since these resins can be regenerated 
e l ectrically, the mater ials can be used in regen­
erable CO2 removal systems using the fundamental 
process of electrodialysis. Cationic and anionic 
exchange mewbranes wh ich are permeable to ions of 
opposite charges are placed in contact with the 
ion exchange resin bed. These membranes, which 
are essentially the ion exchange resins In fl lm 
form, provide the means for CO2 removal from the 
resin bed. 

Operation of an electrodialysis removal system 
involves absorption of the CO2 in a basic Ion 
exchange resin bed to form carbonate ions: 

As shown in Figure 17, the carbonate ions migrate 
from the absorption bed through an anionic membrane 
into an adjacent reaction bed. Hydrogen ions 
migrate into this reaction bed through a cationic 
membrane on the opposite side of the reaction bed. 
The hydrogen ions and carbonate Ions react t o 
1 iberate CO2 and H20: 

C03"' + 21/ H20 + CO2 

Hydrogen and oxygen are generated at the cathode 
and anode, respectively. The ratio of the gas 
generation rate to the CO2 removal rate depends 
upon the internal arrangement of the cel 1. If the 
cell is designed primarily for CO2 removal, it 
will have a relatively large number of removal 
passages per pair of elect rodes. If the eel I is 
to be ,seo in an oxygen recovery system, the 
electroce area will be sized to provide the re­
quired O; flow while removing the COz. Of course, 
increased Oz product ion wi 11 involve increased 
power consumpl ion over that needed for CO2 removal 
alone . The theoretical power required for CO2 
removal alone is 65 watts/man . Present prototype 
electrodialysis cells require approximately 350 
watts/man. There is reason to be\ I eve that the 
power consumption can be reduced to less than 100 
watts/man . Because of the continuous flo~, and 
static -ature of the process . electrodialys,s may 
be used to advantage ~or long - duration space 
mi~sions . 

Table VI contains recommended ECS elements 
for fTli,sions of length 3. 30, 300. 1000, and 3000 
hours. T~~ 3 and 30 nour missions are assumed to 
car·y m_.,, tl-e otr-Ecr ,,,issions are assumed to 
carry 3 n•en. Recommended power source is included 
In the table together with a power penalty figure. 
P°"cr sel~-tion is included because of its effect 
on ECS element selection. The quoted penalty 
ranqe for solar-nuclear power (200-500 lb/kw; 
100-300 lb/kw) reflects a range of system advance­
ment status and also a range of power levels., as 
shown. 

Weights of expendables produced and consumed 
per man are shown for the mission lengths indi­
cated . These quantities are the theoretical 
calculated minima ; for example. the 02 shown is 
metabolic 02 only . Where closed cycles are used 
for Oz or H20 recovery, the numbers In parentheses 
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reflect an arbitrarily selected inventory for 
makeup and emergencies . Where tota l water utll iza­
tlon d i ffers from the makeup quantity required, 
because of partial water recovery, both numbers are 
shown . For example, on a 1000-hour mission, the 
total water utll ized is 460 lb/man, of which all 
but 75 lb/man Is provided by water recovery . 

There are few surprises In the table. The 
longest mission shown (3000 hours ) Is clearly in 
the stored food and stored sol id waste regime . 
(The latter would probably be dehydrated to save 
volume. ) Only the 3000 hou r mission, of those 
shown, utll lzes oxygen recovery . 
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TABLE I HUMAN MATERIAL BALANCE 

CONSUMED LB/MAN PRODUCED LB/ MAN 
DAY DAY 

FOOD 1.80 CO2 2.25 

WATER VAPOR 

OXYGEN 2.00 
(EXHALED a PERSPIIRED) 5.70 

WATER (URINE ) 3.25 

WATER (FECAL) 0.30 
DRINKING WATER 8 .00 

SOLID WASTE 
(URINE+ FECAL) 0.30 

WASH WATER 3.00 WASH WATER 3.00 

TOTAL 14.80 TOTAL 14.80 

BASED ON: 
I. AVERAGE METABOLIC LEVEL ANTICIPATED IN SPACE 

FLIGHT. 
2. RESPIRATORY QUOTIENT ( CO2 PRODUCED/Oz CONSUMED) 

= .82. 
3. 50- 50 SPLIT OF SENSIBLE AND LATENT COOLING LOAD. 
4. ARBITRARY WASH WATER ESTIMATE. 

TABLE n HUMAN WATER BAU~NCE 

CONSUMED LB/ MAN PRODUCED LB /MAN 
DAY DAY 

DRINKING 8.00 WATER VAPOR 5.70 
WATER (EXHALED e PERSPI RED) 

WASH 3.00 WASTE WATER 6.25 
WATER (URINE e WASH) 

TOTAL 11.0 0 FECAL WATER 0 .30 

TOTAL 12.25 

BASED ON WATER QUANTITIES OF TABLE I. E)(CESS OF 
1.25 LB REPRESENTS WATER TAKEN IN WITH FOOD (0.25 LB ) 

AND METABOLIC WATER (1.00 LB). 
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TABLE m SPACE VEHICLE 
WATER BALANCE 

CONSUMED LB/MAN PRODUCED LB/ MAN 
DAY 

HUMAN 11.0 HUMAN 

BY-PRODUCT SOURCES 

LiOH 

H2I02 

TOTAL 

BASED ON : 

I. CO2 = 2.25 1 2 i..iOH + CO = Li2 C03 + H20 

2. APU POWER = .33 KW/MAN DAY (AVERAGE) 

SFC = 1.00 LB/KW HR 

TA8LE Dr SPACE VEHICLE WATER BALANCE 

FOR VARIOUS RECOVERY SOURCES 

PRIMARY WATER RECOVERY SOURCES 

DAY 

12.25 

0 . 90 

8 .00 

21.15 

VAPOR (EXHALED VAPOR ( 90"!.) VAPOR(90"4) 

BY-

PRODUCT 

WATER 

RECOVERY 

SOURCES 

AND PERSPIRED) 
WASTE ( URINE ANO 
WASH) 

WASTE(90%) 

FECES 

APU 
AND 10 I 8.6 3 ,0 
LIOH 

APU 9.2 7. 7 2 .1 

L IOH 2 .1 0.6 - 5 .0 

NONE 1.2 - 0 ,2 - 5.9 

POSITIVE NUMBERS DENOTE WATER SURPLUS, LB/MAN DAY 
NEGATIVE NUMBERS DENOTE WATER DEFICIT, LB/MAN DAY 

NONE 

- 2.1 

-3.0 

-10. 1 

-11.0 



TABLE V 

OPERATING CONDITIONS, REGENERABLE CO2 SYSTEM 

ATMOSPHERE MOLECULAR WEIGHT MW 30 

INLET PRESSURE P 1 7. 0 

INLET TEMPERATURE Tt 45 

INLET HUKIDITY y 1 0. 013 

OUTLET HUMIDITY y 2 - 0 

AVERAGE INLET COz CONC ENTRATION Y1 0 . 0207 

INLET COz PARTIAL PRESSURE Pl 5.0 

AVERAGE OUTLET COz CONCENTRATION Yz 0 . 0021 

OUTLET CO2 PARTIAL PRESSURE p2 0. 5 

CO2 REMOVAL RATE y 7. 5 

CO2 REMOVAL RATE 

ATMOSPHERE FLOW RATE 

WATER LOSS 

WATER LOSS 

WATER LOSS 

SILICA GEL BED WEIGHT 

MOLECULAR SIEVE BED WEIGHT 

SILICA GEL BED 

MOLECULAR SIEVE BED 

DESIGN CYCLE TIME ( BOTH BEDS) 

y 0.313 

W ~ 16. 8 

L 0 .1 9 

L 4.56 

L 1. 52 

X 3. 0 

Z 3 . 3 

DP 3 . 73 

& 7.90 

e 20 
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psia 

OF 

lb/HzO lb atmosphere ( saturated) 

lb/lb a tmosphere 

rnrn Hg 

lb/lb atmosphere 

nm Hg 

I b/day ( 3 men) 

lb/hr 

lb/hr 

lb/hr 

lb/day (3 men) 

lb/man day 

lb s i I ica gel ( per pass ) 

lb zeolite ( per pass) 

psf 

psf 

min 
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Figure 10. Regenerable CO2 Removal System 
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'ffi.IBMAL BAL.AJICE "F A MANNED SPACE STATION 

by 

Geor ce B. Patterson - Advanced Development En&ineer 

Arthur J . Katz - Grnup Head . Thermophysics Group 

~l~ODPCTil'\ll 

The early artificial satellites, all unmanned, 
had relatively simOe temperature cnntrol r equiree 
men ts . In desimin- such S;.'Ste!"!S it was only 
necessary to prevent te:nreratures from exceedinrr 
the rnax:i.J111lrl and r.!nir:un allcrrlable limits of the 
electronic equipment aboarJ. t'.anned spacecrart, 
on the other hilnd, imposed ne·.1 am! Mnre severe 
r estricti<'n~ on the allowable internal tenncrature 
variations . '·lhile nm can st:.rrive in an environ­
-.ent rann.nr- "r":n ,ess than I :.Ju'':l t" c-ver oJU0

~ , 

his ability to ner""r~ uspl'ul :-:nrk ror exte1ded 
periods of tine is severely cnmprnn'sed unlezs 
temperature, nressure, anc h~nicity vari~tinns ~re 
kept to a n:ni~lll". 

This ~robl,r. is ~urt~cr ~~~n:-'e~ . ::.n the 
case of an or biting ve~icle, by the extr eme vari- • 
atir,n in the external radi~t.inn ••thich it receives 
ss it moves into and out of the earth's shadow. 
Added to this are t!ce variati,,ns resultin- .fro:n 
chanc-es in thf" "ricntat.i"n r,f: the v"hicle ·,1ith 
r es!)ect to the earth and the sun, It -~uld seem, 
then, that the ten~erature contrnl of such space­
craft r.u-ht present snne difriculty. It is the 
purJ•CEC' of th' s rape::- to describe a scheme for 
analyzin£ the t'·;er:-ial '.:>alance nf a naMed space 
station and to ~ro~nse a passive temperature con­
trol system for such a vehicle . 

A survey of the available literature on the 
subject discloses crnsidcra~le covera-e cf the 
thermal radiati<'n envirr,nnent nf S"ace . Hn:-rever . 
thr sucrested analytical techniques are usually 
annlicd to sjm~le ~eomctric shapes and are re-
str' etc' to dC'term:.."lin,.. !?Cluilibriur radiati('ln tenp­
er:-,1.ur~s. 

In order for any analysis to ~'1.eld reasnnable 
results i::1en a"plied to a rcali~tic confieurati<'n, 
it nu:;t account fc,r convective, cnnduc•.ive, and 
radia~.i v~ heat trans!'er thr,..i.;--h and ·,ri thi.'1 the 
vehicle, a:1d, unless the vzhicle st'rface :.s whe>lly 
cnnve;c, for the conplex interchan,..c of radiation 
betwr en ~rternnl surfaces , T~e follo11inr is a 
comprehensive view r," th" c:1tire hPat bal<'nce 
froblc-n . .:r.clu·'inr irternal and external r2d5 -
atinn . cc:-.ducti"n, :er:(! ir~ernal cr,m·cct.i<'n heat 
tr.•:::-:rer . Tn a idi tinn, a fo ecii'ic r.ethod of temp­
erature contrr,l, particul~rl:r suited to manned 
space stations is s··"-ested . The l"'.ethr,d nekc~ us~ 
o; the "atm--::~herc" wi th'.n the S!'acc station as a 
r.a 'or ":-ct<'r in the ;:-rcc1 ::- cf heat distr' · uti,..n. 
Tne vchicle "ir 's circul;ited het·,:N'n the livinr 
nn~rters and an area containini: the bulk c.-f the 
hr.:i t r-eneratinr equipm,..nt . !3y r erulatinF the flnw 
rate , te!l'.;erature chanres in the li ·:inf' quarters 
aro r.ini~izcd at the expense of increised fluctu­
i!ti<"n of the equi;:-ment area ter.:-crature . :'his 
technique has been applied to a manned nrbital 
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space station (I'.~~ J ccnfif"\l.l'ation, su;,rested by 
'!'SA' s Lanr-le:;' Research Center . The feasibility 
of this approach has been den,.,nstrated in terms of 
required and available flow rates, and the ranre 
of all~wable equipment ten:,er aturesl. 

The methods applied to the space statif"n 
heat balancl' can be consider ed extensions o.f the 
basic nethnds "f transient temperature analysis 
a:,"lied to an:,· lar;e or ccm;-lex CC'n"i "1.:rati,..n. 
fr,r the ~urp,..ses of analr,r-y, cr,nsider the case of 
n"n- steady st:Jte conductinn heat fl<'w in a rod . 
The r od is divided into differential serments of 
lenrt.h dx, where x r epresents the lr,nritudinal 
axis r,f the r"d, The equation ""r the tiMe deri-
vative ,,,. tem~erature , 

dT = -fl 2tT 
Ot c, d-x'.-z 

(1) 

may then be written. Since the rate c,f heat flow 
by conducti,-.n is proportional to the temperature 
fTadient , dT/dx, the ~econd derivative represents 
the rate of ehanre of heat flnw in the x- direction, 
The equation properly r eflects that the tine deri­
vative of the ter.merature r,f a se"'lTlcnt is pro­
portional to the net hP~t flow into that ser::-.ent. 
This equation r.ay be S"l•red analytically for mnst 
tynf?s of boundary cnndit i<'ns . Hni-•cver, the more 
difl'icult oroblems repr"~ented by the t:,n- or 
three- di~ensi,.,nal fnrm nf the equati~n must be 
treated b? mmerical ,cth,.,ds . !n such a case , the 
body is divided into a "inite nUMoer of "differ­
ential" serments . each nf :-.11ich is assumed to be 
isothermal \"ach of unifnrm temper ature, varyinr 
~1. th time) . A di ffercnce equation may then be 
wr'tten for the tine rate nf chanpe of the terr:o­
f'.'rature wi .hin any Sef'M~t as a function o" :ts 
termrrature and the tem~eratures c,f the adjacent 
se~ments. r'lnce the initial temperatvres arc 
assi--ned and the bnunda~· conditi,-ns specified . a 
mimerical inter-ratic-n will •·j eld • he transirnt 
tr.n"erature ti'"!e "ist"r:·. St:ch a rrocedure cim, 
theoreticall:', rrnducr an,: desired de-ree nf 
accuracy, h..,11evcr the accuracy is rnverned 'oy the 
size nf the SP,r.ents and the cnmputin~ interval • 
.,.n prac~.ice there is alueys snr.:e ce>r:"'r<':'lise "-c-­
twf"en acccracr and thr ar.,.,unt c,f' ti.rte and ef"nrt 
expended . 

For this analysis, the entire vehicle is 
subdi vi1ed : nto sectir"nS, uh ere each secti"n is 
assuned to be isr,therr.al as defined abrwe , and in 
"thernal contact" by means of r adiati<'n, conduc­
tion , and/or convection with other sectir,ns . The 
boundar y conditinns for the system are dcscribed 
in terms of the thermal radiati on envir,..nr.ent . 
This envirnnnent is de"rndent "n the positir,n a.,d 
an<"Ular orientatinn nf the space stati"n with 
respect to the earth and the sun . the two sources 



of external radiation. The success of the analysis 
d""'fnls m the ability to adequat<>ly describe both 
~he rrr~ct or this CO!lli'lex thernal environnent on 
the s ~ace station erler ior and the physical rela­
ti,.,r.::t'.iP b•t·.1ee!1 the seci.inn which deternine the 
int<'rnai heat tr.msfer rates . Once this informa­
tion is comoiled, the numerical inte~ration can be 
prorr2~~ed for a hirh s peed difital computer. 

The ,eneral equatim roverninf the entire 
analysi s r erresents a conplete heat balance on any 
section , This equation , which must be evaluated 
and inte~ated numerically for each section of the 
station is riven by 

c." JT" Q SU N + Q E'AQ.TW +Q~ 
it +QIU\D t Q~I) +- G L'C>I-JV (2) 

+Q,~..., +Q~UtP 
where Cp is the thernal capacity of the sect ion, 
The different Q terms r epresent all available 
means of heat input or ex:chanre for any section, 

t!ot all the sections will receive heat from 
all the available sources. For example, Qsun, 
Qearth, and ~albedo-can only affect sections 
which constitute external surfaces of the station. 
The rate of heat input will be ct ependent on the 
space station cnnfiruration , the surface charac­
teri::tics, and the orientation of the station 
· . .;i th r es!)Cct to the sun and t he earth . ?or 
mis iors other than earth orbits, Oear th and 
Qalbrdo ~.ay be neclected or used to represent 
radiation frnm any ot her bc,dy which reflects 
solar radiati oi, or is its elf a S"urce c:,f ther~al 
rcdiatirn , Qrad incl'l:dcs br-t.h the heat lost b•.' a 
surface thr nu:h r adiatic:,n to spac!"', and the hc~t 
exchanr-od bctwl"'cn sectinns by thermal radiati"n, 
The rcmaininr terms describe the internal flow of 
heat :-:::. thin the station. Qcond, r cc,nv, and ~flow 
are the rates at ·-1hich hnat is exchanr-ed by cc-n­
ductirn, cr-~vectir-n, and the mass tr·nsfer of air 
within t"e stntion. r'eot:io is the rate at which 
heat is rencrated interriel1y, bnth by the occu­
p~mts of t! e st.tinn 2nJ ·nr heat rmeratinr ec;uic-­
ncnt :1r.::.eh i:: on bo2rd 

Subdivision Into Sections 

The entire analysis requires the ;iudici,.,us 
di visi "!l cf q._e stati ... ~ intc- a nur.bcr of s,:,;:,arate 
se.ctir-ns, c;ic r-f ;.r"~ich cxhibi t s a r 0 as"nabl" 
dcrrcc nf isoth"rr2l bchavic,r , The subdivisinn 
must be the initi~l step in the proccdcrc since 
all the detailed infnrriatim gcverninc- heat nm, 
rates derives from the char<'cteristics and intrr­
r elaticns of the different sectirns . An:: alt1:r­
ation of t he subdivisic-n scher.e later in the 
analysis uill r et1uir e rec,:,lculatin11 c,f mo::;t c,f 
these dztz . 

''hile all sectic-ns wi.ll be suh,icct tc- the 
sane rer.er;-1 eqm1.tirn ro•,rrninr hc~t fl,.,:-•, they 
roy be diYided into .four distinct types, for 
·-hich different ter ~s will have r r e~ter impr,rtance 
and ·.:hich r:;;v betre:-te<i 1rith differinr derre s of 
accur;ic?. ':'he trcs ,.., r sect~ ~ns arc- : 

l. 7i;ternal sur":icc, or skin sections 

2. Irtc-r·,al structure and n"r.- heat­
c-n:rriti:-i- cc.ui "~~nt 

J . Ec.:it <>:ceratinr cquipncnt 
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L. Air nasses contained within the station 

Skin Scctif'ns These sectinns , which cc,mpro­
Mise the rntire sur"acc of the vehicle are the 
nnst critical since it ~s thrr\lf'h them that the 
vehicle receives heat f r om the earth and the sun 
and dissipates heat b:1• radiatini- to s pace . The 
two major criteria ,l"'vcrninr the division c,f the 
skin intn the di "'"~ermt sectims are the r ecuire­
ment c-f a relatively unifnrn ter1per<"ture nvt>r any 
r iven section, and a desire to maintain reasc,nabl.J,' 
simple reonetrical outlines f or each sectil"'n , In 
order to evaluate what constitutes a relatively 
uniforr. tem~erature it is necessary tc, consider 
the effects· of a temrerature var iation :-1.thin a 
section. The assumpti,..,n of uniform temperature 
over a section affects the evaluation of the total 
heat radiated by the section and the deternination 
o." the rate of condtctinn to the adjacent sections . 
-~ !)late at a unifnrM temperature will radiate at 
a rate 2% less than a plate at the same mean abso­
lute temperature but with a linear variatic-n nf 
10":\ between its end temperatures . The error 
veries wi th the square of the temperature vari­
ation with resoect to the r-,ean. This woulJi 
indicate that~ temperature ranre C'f 10°- 20° i s 
acceptable for a mean temperature of the order of 
500°R. In speakin~ of temperature variatir,n over 
a section we do not mr-an fluctuations in small 
areas as Mirht result f r om fittinrs c,r small 
structural deta iJ.s . ather, it is the variation 
in temoerature such as mirht occur f rom one end of 
a section to the other. A rnnd indicatic,n of the 
variation ~:ithin a sectinn is ·---i•:en b·· the temp­
erature dif"~rcnce bet•Trn t:-;o adjacent secticm s , 
"n this bas:s, sectinns s~"uld be established to 
restrict adjacent section temperature differences 
to less than ~0° , 

In addition to the €rrnr in r ad5atirn. we 
rrust consider the ne•~n➔ used t" estir.ate the rate 
of cnnductinn betwee!1 ad.'.acent secti "ns . Since 
t he ,..,nly infr-rnati"n abr,ut tenrerat1-re that is 
available durinr the ana}¥sis is the nean tcrnp­
er;:;ture of a sectinn it is necess1Jr•: tr, assune 
the <"Tadient zt the interf2cc het·-'t"en t;7fl scctinns 
is propnrti"nal to the tLnperature dif~ere.~ce be­
tween the secti"ns . ;uch an aE":>um::-tim becf'mes 
prnr ressively less accurate as the variation of 
ten~erature ,rithin the sections increases . 

The second reo1 irenent fc-r skin divisim, 
that nf maintcininr sinple reor.etr i c shapes wher­
ever possiblr , arises frnm the inherent difficulty 
of determ::.ninr tb.e rates of radiative heat trans­
fer betlle n tr.e sec:-if'l'f . '!'his pr--blem, :-1bich is 
discussed l~ter in the oaper, is simplified to 
sor.e extent if the sections h2ve rerular nutlines 
and c-nly sli~ht curvature. "ne imp"rtant ex­
ception to th5r s ituatic-n is an a.v.ially sy11111tetric 
V"hicle which rotates abnut its a.xis c,f syr:ir".etry. 
If the vehicle rotates rapidly ennu h, the radi­
atir,n i.n"'uts frc,1c. the earth <'nd the sun may be 
averared around the per ipher y, In this case, the 
sections may be taken as c5 r cwnferential rin~s. 

~he tenoe:-ature rradients which exist alnnf 
the skin sectinns have been discussed abnve. If , 
in additinn , a :-radient exists thr,.,urh the skin 
it nay be acc~unted for •,•ith,..,ut additinnal sub­
divisinn , as fnllc,ws , The heat flow rate thrnugh 
the skin is ~'11"'nll fr,..,m the rates of heat fl"w into 
and nut c,f each face . he value of the tenoer­
.it.cre di.ffr.r mce thrru~h the skin may be deter­
m:ncd frnm this information . Since the mean temp-



erature is asSUl!'.ed to be the aver8re of the two 
face temperatures, the correct face ten::erat"rcs 
can be calcul.Jted . These will be used for deter­
mininf convection and radiation frr,m the faces 
~,hile the r:can ter:,..erature :!.i: u~ed f,.,r cc,nd\\ction 
throueh the edres. 

For sor:e conficuratic-ns, there r.ay be a 
lar[C portion or the v~hicle, such Ls a s0lar 
collector er shield, which is not an inter-ral 
part of the vehicle and transfers heat to the 
vehicle proper only by radia"ion. It is 0ften 
possible to separate such an itew. from the reneral 
analysis and treat it as an external source of 
radiation whose temperature can be predicted 
:independent of the vehicle anal:rsis , This situ­
ation will be discu~sed in a later section . 

Internal Structure This class:Lficatir-n 
conprises all portions of the station -ihich are 
neither ski!' nor heat .. eneratinf eouipnent . "'hile 
the bulJc of this 11'.ay wel l be actual structural 
framini; and internal pa."lelirw, the cater"ry also 
includes any e~uipnent which does not rener~te 
heat, any storare tanks, furnishinrs, or , in 
general, any mass with a thermal capacity whi.ch 
cannot be ne.-lected. The decision as to ,·hether 
or m,t certair. rf these iteris are to be included 
in the balance depends on the heat tr.:nsfer func ­
tion they perform, The rnajrr ccntri · ,utirn of 
internal structure it ens i::: • ~e: :- 1~c -t c::t:!aci t:,•, 
The anou."lt of heat that is ctir.ductcd thrnu~h them 
is renerall? not of rreat inrrrtance exccr-t in 
the case ,-1here structural fr;,mini:- cc,m:ti tut es a 
conduction path from hi[h tenperature ecuip~ent 
to sc,ne heat sink, such as the skin . 1·:::u2lly, 
the heat transfer rates tn these itens are taken 
into account 0nly sn ;,s t" allow the effects of 
the heat capacity to appear in the balance . .. hen 
the heat transfer paths to any of these items are 
not sufficient to cause a variatirn in their temp­
erature cf more than several derrees when the 
tenperatures of the section with which they ex­
change heat vary greatly, the items need not be 
included in the balance. It ls difficult to state 
a:ny general rules for structure subdivision since 
confirurations can vary so rreatly, hc-1-rev r, the 
number of sections should be restricted to as few 
as possible for the sal,e of expediency, 

Heat Generatin~ tcuipnent t:rry reasonably 
compact group of components which can be repre­
sented by one mean temperature shou~d be treated 
as a single section. !he rate of heat reneration 
is assumed equal to the rate at which this e<'uip­
ment dissipates power, Thls is trested as a 
direct heat input to the section and ·:ill result 
in the temperature of the eouior.e~t section rlsinr 
to the point where this heat can be dissipated by 
the normal means of conducti"n, cnnvection and 
radiati(lll. 

Air !·lasses ·-/hilc the atn"sphcre W' thin a 
space station does nl"t have a larrc heat capacity, 
the fact that it can be circulated bet::een areas 
of widely different ten7eratures rnakPs it an 
important factor in the heat balance . Rather than 
attempt to identif:, a certain quantity o" alr and 
follow its nove?::ent bet;;c, n di.ffercr>t cnr:oartr:c-ts. 
it is best t~ subdivide it accordinr to location. 
The air in each compartment is treated as a sepa­
rate section, and, while its identity is constant],v 
cha.~rinr as the air is circulated between dLrfer­
ent C"npartncnts, the quanti tr nf a; r jn each 
corrpartr.ent rer.iains crnst.:nt . The rate c,f heat. 
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exch1m"e bi,t••een these air mass sectirns is then 
deorndcnt on the rates ot circulation and their 
temperature djrfercnces. 

Radiative Hcet Transfer 

In calculatinr the heat balance rf a vehicle 
in a fluid r::edium, the r.eat flu,: by radia t i"n 
usually represents a ~;nnr , ir nnt :nsjmiricant, 
percentare of the l"Verall arnnunt. ·'::.th space 
vehloles, however, as a result c,f the vacuurn in 
which they operate. radiatirn r.ust act as a najor 
contributer to the heat trcnsfer prncess. Inde d. 
the heat exchanre 'bet··een the vehicle and its 
environment takes nlace snlely by radiative 
transfer, 

This envirnnnent cnntains radiation of ,hree 
types, direct solar radia tion , direct earth radi­
ation, and solar radiation reflected fr"n the 
earth (albedo radiation) . '.mrinr each orbit , 
there may be an extreme variation in the rate nf 
heatinr. by direct srlar and albedo radiation. 
Th• s results from tlie vehicle "serinr" var:r...nP­
ar:nu.~ts rf the day side of the earth, and passinr 
into and nut c,f the earth I s shadow. The veria t:i,on 
is so -reat that radiation cquilibrjUJ11 tenperatcres 
for the two extrenrs ra.'1fC rron 250°:'. to - 200°-, 
Such a varia~>on is , cf course, intnleraole for a 
manned vehiclr? . It may be contrnlled to a iarre 
cle"rer, hnwcvcr, by insulatinr the skin fr"n the 
statinn interinr, usinr- a shield arrinst solar 
radiatic-n . or ai:>'·lyu,- s necial coatinr-s tr, alter 
the rates at which external radiatirn is absorbed, 

!. secnnd area where the vehicle heat b-"lance 
is al'fected b·r ra-liPtinn is that nf radiant inter­
chanre betwc~ the dirferent sectims of the 
statinn. 'l'his exchan,e occurs not only between 
skin sections but alro bet•:<'en the structure and 
equipment sections . The rates of exchtnre by this 
methnd are usually c,f the sene "rder of ~~r-nitude 
as these of conduc•ion nr con,ecti,..n bet~cen 
sections . 

l'.echanism of '?adiatir-n The potential rete 
of eru.ssir-n of thcrra~ radiation fron an opaque 
body is riven by the Stefm- Boltzmann law as : 

where A is the surface area a'1d Tis the absolute 
temperature ,-,f the surface . Such radiatir-n is 
ca.!..led "black lx>dy" rediatinn, and is-emitted over 
the ent::re electr ona--netic s~ectrtllll with a particu­
lar srectral distri bnti"n which is rlro a fUnctirn 
of teI'll)er2tu-e. "r- real br-dy 0 vr-r conpletel:, 
attains this ideal ra~:= rater" radiation. The 
surface o" the radiatin~ ':>rd·· and/"r its rnnlecuu-r 
structure have an attenuatinr effect on the rate 
at which this radiatinn is crJ.tted, The de'Te~ o" 
atten•.ta:.inn v:>ries ,.;th w•\•ele:1rth and is !'.'rir.ar' l·· 
a result of ;,he surface characteri sties. The 
fractinn of "black body" r adiatirn actually eMittcd 
at ar.•: ·-iavele.'1-~h is knowr as the spectral emit­
tance. E.).. . while the fraction er:itted r-vcr :.·,., 
entire sriectru:n is the t,..tal erJ.tt.0 nce. €. . T'le 
sur"ace cheracteristics have a sim' l~r ef"rct c-n 
:.nc,..ninr- ratl· atirn . sn tba· the fr:ictit11 . cl..,_ , .-.f 
the ii:! inrin radia •. ir:-i at :•;:veie:-- ~h A. is .:::::­
sorbed and the remainder reflrctcd . 1'hr frac•.ir,n 
representinr- the 2r:ru."lt ref !ec:r•] is c~llr•d the 
rei-lcct'v'~-- p ·;"'ch--·· -1r,-, ·r-r· •-ith ·-·2 .. r -

lent'9th: Tht • ~r~ct;::J.l•;n;"~:tt'~~~- ~ A. .. . '~f 2 s~r-
f?.cc is eou~l tn t':" s_'.)rcr.r;;l cn'ttancc . E>-. , at 



any wavel ength provided no artificially stimulated 
emission takes place. However, since the incoming 
radiation may not have the same spectral distri­
bution as a "black body" a t the temperature of the 
surface, total emittance and total absorptance are 
not necessarily equal. 1·/hile a complete descrip­
tion of the radiative properties of a surface re­
quires a determination of the spectral emittance 
over the entire spectrum, it i5 usually sufficient 
to work with the total emittance and the total 
absorptances with respect to each of· the various 
r adiation spectra which will exist at the vehicle 
surface. 

The ear th radiates with the same intensity 
and near ly th,e same spectral distribution as a 
"black body" ,at 45o0 R. Since the spectr al distri­
bution of "bl,ack body" radiation does not change 
greatly betwe1en h50°R and the expected temper­
atures on the space station skin, the total ab­
sorptance of ·t.hese surfaces to earth r adiation 
may be consid1ered equal to the total emittance. 

The sun, on the other hand, radi ates as a 
"black body" at a temper ature of b000°R. This 
r epresents a Bpectral distribution radically 
different from that of the space station surface 
radiation, and therefore, the total absorptance 
with respect to solar radiation, cl

5
, is, in 

general, different from the total emittance. It 
is possible, by choosing coatings with a s pectral 
emittance whic:h is low for wavelenfths shorter 
than three microns , the rerion where most of the 
solar energy fa radiated , to obtain surfaces with 

<Xr,/ € ratios aii low as O .1. Generally the 
rhio may be used as a roufh measure r,f equilib­
r irrrum temperature. By reducini; the amnunt of 
solar radiation absorbed while r.iaintaininf a high 
rate of surface heat loss by radiation, the sur­
face ter.iperattu·e can be rer,ulated. 

Emitted ,md reflected r adiatinn exhibit 
directional properties. The directipnal distri­
bution of emit.ted radiation is usually such that 
the intensity of radiation in any directi~n is 
proportional t.o the cosine of the angle betwe~n 
the direction of radiation and a nnrmal to the 
radiating surface . ( Lar.ibert I s Cosine Law) Such 
radiation is t ,ermed "diffuse" . 'Thi le deviati ,.,ns 
from di.fftcse e·missic,n will S<'metiir.es occur 1·rith 
polished surfa.ces, in general, these dcviatinns 
are S/1'.aJ.l enou.rh to be i'."11<'red. 1efl ected radi­
ation may alsu,-be diffuse . i.11 which case the 
cosine lau for distribution is follo-,..ed, rerard­
less of the direction of the incident radiation . 
The opposite extreme is II specular11 reflecti on in 
which the .incl.e of r eflection is equal to the 
anrle of incidence. -,'hile no surface is a purely 
specular reflector at all wavelenrths, mnst pnl­
ished surfaces will exhibit a sirnificant defl'ee 
of specularity, particularly at low an&"les of 
incide:ice. 

View !"actors 'lhile the rate at whi ch a 
surface radiates is easily ieter~~ned from its 
temperature and st:r.:'ace characteristics, the 
dctcrmi.,ation of the eventual destination of the 
emttcd radiat inn, which may either "escape" to 
s::,ace er be reabsorbed by anr-ther surface, is a 
C"M".>lex proble:m. 

.l;ssuminr di.tfuse emissinn, the ra~e at which 
::-r>d: 2ti nn )_€av•es an eler:ie!!tal area cL~1 and im-­
pin~c:s "TI a se,cond elemental area df,2 i s riven 
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by 

where 'Y/_, and rrzi. are the anrles betweEm the 
n"r mals to the areas and the line between theu­
centers, and r is the distance bet1-ieen them. In 
or der to find the rate of radiation for two finite 
surfaces, A1 and A2, this expressinn must be inte­
gr at ed over both areas. The ratio of the radi­
ation which leaves the emitting surface, Ai, and 
initially impinges on A2, to the total radiation 
emitted by A1 is called the direct view factor, or 
angle factor, from Ai to A2, and is denoted by 
F1-2. The .first step in the process of' determining 
the rates of radiative heat exchange between the 
di.fferent sections of the space station is the 
calculati on of these direct view factors between 
ail sections which can 11 see" each other. Any 
method of evaluation of the direct view factors 
will i nvolve the intef!'ation of F.q. 4, either 
exactly or by an approximate methnd. 1'0 perform 
the integration exactly, both surfaces must be 
r epresented analytically and Eq. 4 integrated in 
closed form between the required limits:. This 
procedure can be carried out fc,r si.mp1e, shapes, 
most of which have already been jnvesth•ated, and 
the results made available in reneralized form, 2, 3 
At the opposite extreme from exact inte,?I"ation is 
the simplest appro:cimatipn, both surfaces beinr 
treated as 11 incrementalll plane areas an.d Eq . 4 
applied directly without interratim. This is a 
Good approximation ,rhen the distance bet,ieen the 
surfaces is larre relative to the surface dimen­
sions. Intermediate decrees of approximation can 
be used by subdividing each surface into some 
number o.f small "incremental" areas and summing 
the radiation between them. 

The direct view factors must be found in both 
directions (i.e. both F1-2 and F2_1), and there­
for e it is usually convenient to apply the r eci ­
proci ty relation 

A, I=',..,_ -= A2 J:°2.-1 (SJ 

t o find t he one from the other. Another relation 
between the view fac tors which must be observed 
expresses the conservation of enerey. 1·'11en the 
dir ect view factor of space (fraction o:f radiation 
from a surf ace which does nc,t impinre n;n anr,ther 
surface) is taken into account, the sum of the 
direct view factors for radiation leavinr any 
surface must bo unity. 

'!hen inte~atin,- r:o . !!, it m1;.::t b,s assuned 
that r adiatfon is emitted U."li.fc,rr.il:· n•rcr al] nf A1, 
This may nnt a l ways be the case. f.'nr e:r.am;>le, 
skin sections riay either hav-e strnnf rradients 
thr"ur-h them sc that the inner and nuteir faces 
rad:.ate at dif"erent temperatures, c,r else have 
dif"erent values of emittance f--r the twc, faces . 
In such cases, s eparate vieir factc,rs ;mJ.st be 
deternined fnr each of the porti,.,ns nf the surface 
of a secti,..n which emit at a d:.fferent rate 

<'nee the direct view factors betw,~en the 
sectinns have been deter mbed, one additional step 
is necessary before the rate of radiative heat 
transfer between the sections can be ca.Lculated • 

O'E, A,~4J:'",_z cl..,z. (6) 



denotes the rate at which heat is radiated f rom 
Ai., impinges on A2, and is absorbed. However, 
the radiation ·which is re.fleeted from A2 must 
still be accounted for . This radiation may be 
r eflected back and forth any nwnber of ti.mes be­
t ween Ai and A2 and any other nearby surfaces, 
sone of it beine abs~rbed at each reflection , 

The total view factor, Jf- 2 , is the ratio of 
the radiation emitted by A1 which is eventually, 
after any nunber of reflections, absorbed by 
surface A2, tc, the total radi ation emit ted by Ai . 
Unless the surfaces are completely absorptive (in 
which case the, direct and total view factors are 
equal), the total view factors cannc,t be estimated 
or calculated directly. However, once the direct 
view factors and the surface absorptances are 
kno~m, it is 1;heoretically possible to trace the 
paths of all umitted radiation, as it is r eflected, 
by the repeatHd application of the direct view 
factors . This process has been for!!lalized t;° 
slightly,,d1.ff1irini; ways by Hottel, 3 Eckert, and 
Gebhart,~ all of whose meth~ds are based on the 
following assumptions . 

First, 13ach of the surfaces must be isother­
mal, a requirt?ment which is basic to the entire 
analysis. Sec:ond, the su.r"aces must be II eray" . 
A gray surfac<3 is one which has a coostant spec­
tral emittanct? over all wavelengths . \-!hile this 
is rarely the actual case, most surfaces may be 
treated as effectively gray if the emittance is 
constant over the wavelength band in which the 
major portion of the radiant enerpy is concen­
trated. ':Then this is not the case, the wavelenett: 
range of inte:rest ll!USt be divided into bands over 
which the sur:faces are effectively gray. The 
calculation w:ill be carried out for each band and 
the results added together to give a final value 
.for the total view factor . The third assumption 
is that the s·urfaces are perfect diffuse reflec­
tors. In act·11ality, ncist materials deviate from 
this condition. The external surfaces of a space 
station would pr obably be riven a hithly reflec­
ting coating in order to minimize the rate at 
which heat is absorbed. Such c0atinrs are rarely 
purely diffuse reflectors. If the de~ee of 
specularity is too rreat t o be irnored, a modi­
fication to this method must be used. 6 

Hhether or not the errors in the total view 
f actor s due to specular r eflectance are too gr eat 
t o ignore depends on the ultimate use of the view 
factora. If they are only to be used to determine 
the rates of exchange between the sections , a high 
degree of accuracy is not requir ed. However, if 
they are to be used to deterr.une the r ates at 
which the sections absorb radiation from the earth 
and sun, greater accuracy is desired. If the 
space station does not lend itself to the ana­
lytical procedures referred to above, either as a 
result of extreme geometric cou:plexity or di1'fi­
culties with surface specularity, an alternate 
method may be used to determine the rates of ab­
sorption of external radiation. This method, 
involving reflectance tests on a scale model, is 
described in the following section . 

It was pointed our previously that ~.any 
coatings r espond differently to solar radiation 
and radiation. from lower temperature sources. 
Because of th.e difference between the values of 
a'.'.5 and E for most coatin1:s, the tt:o types ar 
radiation so,~ces must be treated separately. 
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TherefC1r e , two sets of total view factors must be 
renerated. One set will be used to determine the 
radiatio:i between the skin sections, and the rate 
at which earth radiati"n is absorbed, while the 
second set will be used to determine the rate at 
which solar and albedo radiation are absorbed. 

Radiation Heat Input l·/hile the heat 
exchange rates bet11een the secticris are dependent 
on the temperatures of the sections, the rates of 
heat input by external radiation are only depend­
ent on the vehicle configuration, the radiative 
characteristics of the skin sectiC1ns, and the 
r elative positions o~ the earth, the sun, and the 
space station. Therefore, these rates may be com­
puted independently of the overall transient heat 
balance analysis. The heating rates shr-uld be 
co~uted for a sufficient nUflber of positions in 
the or bit so that the r esults may be tabulated and 
interpolated accurately when used in the actual 
transient calculations. 

The calculation of the rates of heat absorp­
tion by each section is per formed in two steps . 
First, the rates at which the radiation il":pinges 
directly (before r eflections) on each section are 
determined, after which, the rates at which this 
radiation is absorbed can be calculated, t akin[ 
into account the possible multiple reflections 
between the different sections . 

In order to deter nine the rates at which the 
earth and albedo radiate to each secti(,n, Eq. 4, 
the basic relation for radiation intercha:v-e be­
tween two surfaces must be used. In [Emeral, it 
is necessary t,.. intecrate Eq. L r-vcr that portion 
of the earth which radiates to the stat.ion. This 
"visible cap" of the earth is treated ~1s the emit­
tin~ :ixea, A1, and ~s divided geC1metr ic:ally into 
a fl.1ll.te n1.ll'1ber of J.11cr er.cntal areas. Each section 
of the skin is treated as a r eceiving area, d.A2 
and Eq . 4 is intec;rated numer ically by summinr the 
radiation fr on each increnent of :.1 . :~C'\r e~h 
radiation, 0-~ T 4 is taken as 6e. 8 BTU/hr-ft of 
radiating surface. 17,, is the anrle between the 
normal to the incrcmaital uea and the line f r om 
the area to the statinn. "2-2..is the corresponding 
an&le for the normal to the skin section. Uhen 
the skin section is treated as a singlt3 incre­
mental receivi.~c area, so that no intei,-ation over 
½ is ;,er forir.ed, it is assumed that th,3 section i s 
a flat plate. In this case, cos 1-..dA2 of -:q. 4 
repr esents the area r-f the section ;,r o,jeoted into 
a plane nr-rmal to the line of sight to the emit­
ting earth surface. 1 ;hen the skin section is not 
a plane area it may be handled either by subdi­
viding it further until it can be a:,pr,Jxirnated by 
plane sections , or by treating it as a sinde unit . 
in which case the projected area in the appropriate 
direction is substituted for cos '>'f,_dA2 . Two addi­
tiC1nal f actor must be introduced l.Iltn ·~-0 . 4 when 
determininr radiation input. -ben'7t)90°, the skin 
sectiC1n is turned away from the incremental ar~a 
on the earth and can receive no radiation f r om it. 
It is also possible that a section which is orien­
ted so that it should be able to see the radiating 
area has its view blocked by another part c,f t he 
statiC>n. As a r esult of this possibility, each 
sectiC>n has assC>ciatcd with it a "shadow" factor 
which describes :lhether or not another sectim cf 
the station casts a shadow upon it when radiation 
comes from a particular direction, and if so, what 
anou.nt of the section is shadowed. FC1r a coMplcx 
confir:uration, these f actors r.isy be very difficult 



to detcrn:inc a:nalytically. In such a case, suf­
ficient:q acc~rate a; Frox:mations may be obtained 
by usinG a scale c1r,dcl .::nd a col~ imdt6d visL,le 
licht source to shmr the rad::.ation shadow ::,at.tern. 

The :,rnccs!: "0r albedo radiatinn js similar 
tn e.::rth radiatinn, hnwevi:;r , only t,1at :,~rt.inn of 
the visible ca;p which is li,htcd b;,· the sun :.s 
t r eated as ernittinr area . Tn detcm~ne the inten­
sity cf radiat::.~n "r0 r. each incr ncntal arEa

2 of :,q , 4 is re:placcd i):,· u42f.cos 1~.'Jl'U/hr- ft , 
1rLcr1: ,rb is t:1,s rn:-le be:t,-rner. thr n0rr.al to the 
incrcncm,al arc<l and the earth- sun line, and P. is 
th.; al:::,.:-do r eflectivity of the earth, usually 1. 

td:en is 0.38. 

!lo inter:r.aLion is reouired for solar r ;:idiatinn 
since the sun 1:,ay bet rcated as a point source . 
Eq. 4 may be r,splaced by 

( 7) 

whcre Cs is th1~ snlar constant, 4u2 3TV/lrr-ft2 of 
vehicle surfac,:, for any location within several 
thousc.nd miles of the earth. The shadow factor 
must still be used, and in addition , there is the 
possibility that t:,e station lies in the earth 's 
shadow, w:1crc :Lt \:ill receive no solar radiatir>n. 
'rhe i::eonetry involved in deterr.iininc the orien­
tation ,.,f the e2.rth, the sun and the stati0n, and 
the pr ocedt:.re 1:,o be f01Jowed in pcr f0rming the 
intccration OV(~r the visiblG c.:p of the earth is 
covered in Ref,. ( 7) 

The inforrnati0n resultin<" f r "m this ··•"rk is 
a tabulation 0r the earth, albedo, and solar radi­
ation incident upon each sectinn nf the space 
station for a nur.1ber of positinns thr0ui::;hr-ut the 
orbit . It renains to deternine: ho:; much of this 
radiation is ac:tually absorbed , The initial ab­
sorption rates are given by~sand E., while the 
radiation reflected from each section ;:ill be 
additinnally absorbed as it impinres on other 
sections . If i;ne radia~ion incident "n a section 
is reflected diffusely, its directi0nal distri­
bution ·,1ill be the sarr,e as if it vere bein,- emit­
ted by the section . Therefr-re, the total viei·1 
factors mc:y be applied to dcten:1ine the am0unt 
absorbed by each section as a result of multiple 
reflections . The amrunt of solar radiation ab­
sorbed by the j_th sectinn is i:;iven by 

Qsv,-i Ci.)"' Q~,/O~s en+~(~ ~4/j>] ~ ( o) 
J 

where Q 1sun is the solar radiatim directly :i.!1ci­
dent on a secti.m,. and the sur,nation is taken over 
all the sl:in se,ctions. ,Ubedo and earth radiation 
are t reated in an identical manner, :-1ith E sub­
stituted for ol:s in the case of earth radiation. 
In addition, since the tntal vie',1 factors are 
dependent on the surfoce absc-rptances, the total 
view factors used to determine the rate of absorp­
tion of earth radiation will, in general , differ 
from those used. for solar and albedo radiation. 

This relatively straightforward procedure may 
not be applicable, either because the sur:faces are 
highly specular, or because the total view factors 
cannot be determined with sufficient accuracy, 
Under such circumstances it is necessary to resnrt 
to scale nodel testinr; to determine the therr,ial 
radiation in?uts . The basic theory nf r adi at inn 
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model testin•·, w§ich follows a procedw~e published 
by 'i'ea and :'aker , requires a scale mr,del which 
duplicates the external confiruration and surface 
radiation characteristics of the space station. 
Radiation is silllUlated by a collilnated light 
source, nc.:.surenents of which are r.iade with li-ht 
sensitive cl'lls such as snlar cells . These cells 
are placed nn the wodel in ?r'Si-1..i,-,ns ·.:hich are 
re?rescnta;;i·,,;:, "f the subdivisinn nf the space 
stati0n sur.:'ace. .\s the model nrientai;i"n is 
chani:;ed ··ith respect to the li('ht, re<1din.-s are 
taken on the cells and C"tn"'ared with a mnnitoring 
cell to shr•.-r the rad::.ation incident on each sec­
tion as a pcrccntare "f the full intensity of the 
bean. These rcadin ·s ive the tntal 0f directly 
inc~ :lent radiatinn and re,.lected radia1,i0n ulti­
mately incident nn eech ~cction. '!'his procedure 
was utilized "nr the ::C6S study and w;rn shown to 
be accurate and prac icable. 

Sow€ individual considerations ·•hj_cl1 nust be 
observed are as J'r,llows : 

l . The model must be in a suffici.ently 
11black11 enclosure to eliminatEi stray 
radiation and prevent radiaticin reflected 
off the model from returning. 

2. The lirht source must illuminate the 
model with a field of uniform intensity 
and should be sufficiently collimated or 
far enough frr,m the model so that the 
beam is essentially unidirectional. 

3. The cells must be small ennu17h so as not 
to interfere with the reflectance pattern 
of the model. 

L. The r esponse of the cells shouud be 
l inear over the range to which they are 
sensitive. (Filterwr of eith.er ceDs 
or source may be necessary. ) 

S, The surface coatinf of the mod!el must be 
"rrey11 in the spectral range which the 
cells r espond to, 

Since both the direct and reflected radiation 
are measured torether in this procedure, the 
reflectance of the model must match that of the 
space station . Specilically, the model must have 
the same total reflectance over the spectrum to 
which the meterine cells respond, as the station 
has to the solar or earth radiation spectrU111. If 
cx5 and € of the station differ, two test runs must 
be made so that both may be duplicated, Ideally, 
the tests should be run over a range or reflec­
tances , and the results fitted with a power series 
in terms of p • This will allow investigating the 
effects of cnances in the space station coatinrs 
durinf the analysis. In additinn, :if the desired 
coatinr, for the station is not 11,!?I'ey", it is pos­
sible, with this in.formation, to go thrnurh the 
pr oper procedure of breakinp the spectrum do1.;n 
into bands over which reflectance is constant. 

The data resultinr from the exper~~ental 
re.f l ectance tests will be tabulatirns c-:f the 
percent.are of full intensity radiation ,on each 
section of the stati0n as a functirn of the anfU­
l ar or ientation of the radiation source with 
respect to a coordinate system fixed on the 
station. 



In calculai;;ing the radiation from the incre­
mental areas of the visible cap of the earth, the 
term cos tY} was used to describe the percentage of 
full intertiity :radiation directly incident on a 
section as a re,sult of its angular orientaticn 
with respect to the direction of the inc0minf radi­
ation. Since tlhe function evaluated in the re­
flectance tests gives the same informaticn for the 
sum of both direct and reflected radiation, it 
may be substituted for cos '!22.in Eq. 4 to obtain 
the total radiation incident on each section. The 
fraction of this radiation which is absorbed, 
according to the values of o<.5 and € of each sec­
tion is the total external radiation heat input to 
the section. 

Radiation Between Sections In addition to ab­
sorbing radiation from the earth, the sun, and the 
albedo, the external surfaces of the space station 
reject heat by radiation to space. At the same 
time, ail sections of the station are involved in 
a mutual interchanpe of thermal radiation. To 
properly evaluate radiation between sections both 
the amount of r•adiation emitted by each section 
and the total v-:i.ew factors which describe how the 
radiation is re,absorbed =t be kno,-m . It is best 
to consider the, radiation between external skin 
sectians separart.ely from radiation between sections 
within the vehi.cle. 

The entire1 external surface of the station 
emits thermal radiation according to the Stefan­
Boltzmann Law, ~edified by the total emittance. 
The emitted radiation may either "escape" directly 
to space, or inlpinge on other sections of the 
space station skin. The radiation which impinres 
on other surfac:es is partly absorbed and the re­
mainder is refJLected. This process is identical 
to the reflectfcn and absorption situation de­
scribed for radiation inputs.from external sources 
and, correspondingly, the fractions of radiation 
leaving a giver1 section which are eventually re­
absorbed are given by the total view factors for 
the external slcin. Applying these view factors 
directly to the emitted radiation we obtain the 
rates of radiation exchange for the external skin. 

Q- =-()'€,A. TL .... +'\' 0-£. A. T.4 y.. (9) 
L < L 4- J j J JL 

The view factoi~s of ~pace,¥i space, the fraction 
of radiation emitted by a section which is not re­
absorbed by an:r section, does not appear explicit­
l y in this equ1ation, however, it is related to the 
other total vi1ew factors by 

( 10) 

thus assuring ·that all radiation leaving a section 
is accounted for. '·!hen the total view factors 
between external skins sections have been evalu­
ated to a sufficient degree of accuracy to assure 
that they prop,erly indicate the ammmt of radi­
ation absorbed and consequently, the amount 
11 escaping;", they may be used directly . However, 
when these factors have not bee.Yl evaluated with 
great accuracy, either as a r esult of too complex 
a configuration or difficulties ;rith surface spec­
ularity, it is necessary to perform an independent 
calculation to determine the view factors of space. 
The experimental procedure used to determine the 
external radiation input may be utilized to 
evaluate.J'.'i space • The results of these experi­
ments , which w·ere used to compute the amount of 
radiation absorbed by each section from any ex-

ternal source, should be used to compute the 
amount of radiation to each section f r om a hypo­
thetical sphere surroundin~ the station. The ratio 
of radiation absorbed by each section to the total 
amount emitted by the s9here will be equnl to the 
view £actor from space to the section,Je space i• 
By the recipr~city relation, (E~ , 5) ,~ i,, spac~ 
may be determlJled. The express1r>n fc,r~ :L, space 
derived from this procedure is 

..,,... ur 

~JPAa =; f s,n B, f F,_· {8,,, BJdt;, da2. ( ll) 
8 1

7 0 a-,_-..o 
•!i th this independent evaluation of~ i :space the 
rough estimates of the total view f actcf 1s may be 
adjusted to satisfy Eq. 10 and then used in Eq . 9 
to evaluate the radiation exchange. Whi'.le the 
errors i.t\ the total view factors will re:sult in 
some discrepancies in the radiation betw,een the 
sections , the heat loss ·to space will now be 
correctly represented. 
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Radiation between sections which occurs within 
the space station is also determined from Eo . 9 
and hence is completely defined when the rates of 
emission from each sect i on and the total internal 
view factors are known. The rates of erois~ion can 
be determined from the mean temperature, emittance, 
and surface area of each section. ''hile this 
information is not difficult to nbtain for the in­
ternal surfaces of the skin nr l arre panels of the 
internal structure, the structural fr2minr a.,d the 
heat reneratinc equipment usually have rather com­
plex radiatinf surfaces . In additinn, the an2lys is 
must often be performed before the space, station is 
thornuthJ.y desirned, so that structuralcBtails may 
not be available . TherefC'r e, rou"h estimates of 
the amount of emitting surface must usually 'Je 
nade, Since most o.f the internal radiat.ion ex­
chan17,e occurs between the ski., and colll!)clrtment 
wails, these inaccura cios for the deta iJ.ed struc­
ture can renerally be tolerated. The problem is 
more critical for heat -eneratinr equipment since 
a larre portion of its heat dissipation may occur 
by radiation . 1·Then the details of the equipment 
are not available, an upper limit on iti; capacity 
to reject heat may be determined, since its 
11effecti ve'1 radiat:u1r surface area may not exceed 
the area of the surfaces to which it radiates . 

As was the case tr:i.th the external 1skin , the 
total internal view factors must be derived from 
the direct view factors and the surface reflect­
ances. The direct view factors of ereatest im­
p0rtance, those between the inner skin, structur­
al paneling , and compartment walls , can usually 
be deterr.ti.ned by analytical ?rocedures. Those 
involvine the less well defined structu:ral com­
ponents and equipment must be estimated as well 
as possible. However perfunctory these estimates 
may be, both the direct and total view factors 
must satisfy the restriction that 

(12) 

in order to LY\sure that no radiation is inadver­
tantly "lost" . 

Unlike the space station exterior, the in­
terior surfaces may have hir,hly absorptive c0at­
ings in order to reduce temperature variations 
and eliminate "hot spots". If the surfaces are 
highly absorptive, the procedure for derivin[ 
the total view factors may be applied without 



great concern for the restrictine asswnptions , 
When this is ne>t the case, the restrictions rrust 
be adhered to, particularly the assUil!ption that 
an entire surfa1ce is exuosed to a Wliform radia­
tion environment . This· may require further sub­
division of the· sectitns in order to deterni."'le 
the view factors. 

Conductive Heat. Transfer 

Conduction of heat will take place between 
any of the skin , structure, or equipment sections 
which are in thermal contact with each other , 
',!hen two sections are in contact thrC1Ugh an inter­
face of area A, the rate of conduction between 
them is given qy 

Q,,.JTf_ i ;_A = clTj fjA (13) 
'JT J i, ~ J '/., j 

where;:)~ is the te:npnature pradient normal to 
the interface amd k is the conductivity. ·1ien 
the conductivity is different on the-opposite 
rides of the i..~terface , the rradient is discon­
tinuous. "'hile this equation is an exact repre­
sEmtatim of tht? conduction rate, there is not 
sufficient information available from the analy­
sis to correctlir evaluate the gradient . The 
Major limitation on our abilit~· to estimate the 
rradient is tha◄; our knowled""e of the temperature 
distribution within a section does not ro beyond 
a t~owledr-e of 1;he mean temperature . To obtain 
any further infc,rr:ation it would be necessary to 
additic'>nally subdivide the sections. 

A reneral procedure for handlinr this prob­
lcn reoui:-es tre deterr:rl.nation of the n<'rtlnal 
resistivity of t.he conductinr path bet1-1een the 
reometric ccn ters of the two sections . It is 
assuned that steady state conditions exist . the 
r-.ean tf'nperaturcs occur at the centers of the 
sections , and the only heat flou present is con­
duction thr r,urh the sections and across the inter­
~ace . ~hen, L~ Lis the distance ~rom the int~r­
face to the center o.f a section, and A is the 
av~rare cross section perpendicular to L. the con­
d~ction rate is riven by 

Q=- J:: ~ + l 1 
Ai~ A j i.j 

(lhJ 

The denominator of this expression, the therm.al 
resistivity of the conductinr path, is essentially 
a constant of proportionality between the heat 
flo-,; rate and the te111perature difference between 
the sections. '.·llhile the approach may seem to 
leave somethinf to be desired from the point of 
view of rigor, i•t represents the sane order of 
accuracy as the 1issurnption of isothermal sections. 
In addition, this approach is usually a good 
representation of one of the More ii:iporta'lt con­
duction activities w!--.ich occurs, the renoval of 
heat from heat r<meratinP' equipment. Here, the 
flow is ,.,.enerall;r unidirectional, from the hirh 
ter,per:iture source, th,, equi::ir.ent, throu~h struc­
tural me:ibers, tn a lower ter.r,erature sin.1<, the 
skb. In the preili.minar;' desirn stares, it is 
often an i.r,r,ort.ant part nf the problem to deter­
r·.ino hou "'""d a c:onducti."lr path is r equired to 
keep th,:, equipment terr.peratures at a reasonable 
l evel, For this purpose, the thermal resistivity 
is the simplest para;r.e>tric representation of a 
reneralized condu.ctinr path . 
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Convective Heat Transfer 

Convective heat transfer occurs between the 
air masses and the surfaces which they c:ontact. 
!he basic equation for convection is 

(15) 

1-rhere A is the surface area, T5 and Ta are the 
surface and air ten;,eratures respectively, and 
hf is the convective film coefficient . 

'·Thile it is not absolutely necessary that a 
nanned space station contain an atmosphe:re, it is 
assumed that this will be the usual case,, In 
this event, the effective operatinr temperatures 
of the station will be deternined by the teMPera­
ture of the air within the different compartments. 
Therefore, careful treatment of the conv·ective 
heat transfer process is necessary since it is the 
only means by which the air can absorb or reject 
heat. 

The item which introduces the p,reatest com­
plication in the deterrdnation of the co.nvection 
rates is the film coefficient. The film coeffi­
cient is dependent on the cr,mposition of the 
space station atmosphere, its pressure, t,he con­
dition of the surface, and the velocity with 
which the air passes over the surface. The most 
difficult factor to determine is the velocity of 
the air over the surface. This will be affected 
by the rate of air circulation between c,,mpart­
ments, the expected pattern of flow, the deeree of 
free access of the air to the surface, natural 
convection due to rotationally induced gravity, 
and a host of other items, In general, 1;he sit­
uation is very similar to the problems encounter­
ed in aircraft air conditioning and ventilatinn, 
and liberal reference shnul.d be made to the avail­
able literature on this subject. 

While the convective heat transfer tn the 
equipment is correctly described by Sq . l.S, there 
is rarely sufficient in.formation available to 
allow a description of the equipment in terms of 
convective surfaces and film coefficients. When 
a rourh estimate of the effects of equipment heat­
inp is needed. it may be assumed that the equip­
ment operates at a constant temperature and man­
ares tn reject its entire heat load to its sur­
r,..undinrs . The rates of heat rejecti<'n by con­
duction and radiation are then determined from 
estinates of the effective radiatinf surf,;ce and 
the conduction paths. The renainder of the heat 
load is then assumed to be taken up by th•s air 
within the compartment . From the analysi:s, it 
may be deternined whether the air renains at a 
low enough tei:iperature for such a heat re,jection 
rate to be possible. 

Air !~ass Fl.ow 

When the space station contains an atmos-
9here , the air mass sections exchanc-e heat with 
their surroundinrs by cnnvectir,n and r,~th each 
r,ther by an interchanp:e of nass flo,-1s. The air 
rcass sections are initially determined by sub­
dividinr- the volume which is occupied by t.he air, 
usuall·, accr-rdinf to vehicle compartrnentat,ir-n. 
'·!hen there is nass exchanre by flow betwee,n the 
sectinns , the identity nf the air comprisinr any 
section will be cnnstantly chane-in,... Howe•ver . 
since the total nass of each section is crnstant. 



a heat balance may easily be written. The rate 
at which air 1,eaves any section is equal to the 
rate at which it is returned from the other sec­
tions . The he.at r ained by a section is equal to 
the heat conte:nt of the incomini:: aix, less the 
heat content of the outroinf aix. 

Snr:ie care should be taken to avoid a pos ­
sible numerical interration di.fficulty which can 
arise when h:it:h flow rates between the sections 
are used. If a large por ti0n of the air in any 
section is exchanred in one inter.ration inter­
val, a diverrent oscillation in the sections 
temperatures may result. This may be avoided by 
reducinr the interration interval or by elim­
inatinr rapid chan::-es in the aix flow rates . 

i'.ffiS Study 

The r:iethc,ds described in this paper have 
been api:;lied t,o a manned orbital space station, 
(lt,OSS) , in a f;tudy for NA.SI<. 1s Laneley Research 
Center. The c:onfiruration studied consisted of 
an inflatable torus, 32 ft . in diameter, con­
nected by ir>.f].atable spokes to a rifid cylinder 
in the center" The torus was to be used as the 
livinr; quarters 3l'ld work area f or the crew, 
while the cyl:i..nder housed the bulk of the equip­
ment . 1m erectable solar collector, which was 
used as a source of power, protected the vehicle 
from directly incident solar radiation. The 
steady po1-1er requirecients resulted in an inter­
nalJy renerat1~d heat load of 10,000 BTU/hr , 

The obje,:::t of the study was to determi.1'1e 
a method for :r eru].atinr the tenperature within 
the torus without resortin[; to an active ther­
mal control system which would requixe chan::-es 
in the heat load, the use of variable surface 
coatings or any method of altering the thermal 
r adiation input rates , The procedure developed 
11as based on the re{'Ulation of air .flow between 
the t orus and the equipment cylinder. 

The torus was given an aluminized surface 
with an o'..5 = , 25 and an E = ,08. The cylinder 
had a porcelain enamel finish with an c,(5 = . 25 
and an E =. 75. '.-Tith no cixculation of air be­
tween the torus and the cylinder, the torus 
temperature varied from 50°F to 70°F during an 
orbit, while the cylinder temperature varied 
from 120°F to 170°F. In order to reduce the 
fluctuation of temperature i.1'1 the torus, air was 
circulated between the torus and the cy·linder 
durin~ the cold portion of the orbit, 'dhen the 
rates of flow were properly controlled, the 
torus could be maintained at a constant temp­
erature of 70°F while the cylinder varied from 
E'IJ°F to 170°-r. . 
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LIFT CONTROL DURING A'lMOSPHERE ENTRY FROM SUPERCIRCULAR VELOCITY 

By Rodney c . Wingrove and Robert E. Coate 
Research Scientists 

NASA, Ames R~s-earch Center, Moffett Field, Calif . 

Summary 

This paper presents an analysis of a e;uidance 
method which uses a r eference trajectory. The four 
state variables needed to prescribe the tra.jectory 
are used as follows: Velocity is made the inde­
pendent variable, and the errors in the rate-of­
cl.1.mb, acceleration, and range variables away from 
the reference are used to govern the lift . A lin­
earized form of the motion equations is used to 
show that this represents a third-order control 
system. First- and second- order control terms 
( rate of climb and acceleration inputs) are shown 
to determine the entry corridor depth by stabiliz­
ing the trajectory so that the vehicle does not 
skip back out of the atmosphere or does not exceed 
a specified acceleration limit . The destabilizing 
effect that range input ( the third-order co:ntrol 
t erm) can have is illustrated e.nd the results indi­
cate that a low value of range input gain must be 
used at the high supercircular velocities while 
larger values of range input gain can be us,ed at 
lower velocities . 

The usable corridor depth and range capability 
with this guidance system are demonstrated for a 
l if'ting capsule (L/D = 0 .5). The practical appli­
cations of this system are illustrated with a fixed 
tr1JD. configuration wherein roll angle is used to 
command the desired lift . The results show that 
the guidance system requires only one reference 
trajectory for abort entry conditions as we:Ll as 
for entry conditions near the design values .. 

Introduction 

Current and future manned space flight projects 
require the development of entry guidance methods 
applicable to blwit- shaped vehicles entering the 
earth' s atmosphere at supercircular velocit:les. 
These guidance systems must regulate small :Lift 
changes in such a manner that constraints, 1mch as 
acceleration and heating, are not exceeded imd that 
the vehicle arrives at a predetermined destiLnation. 
Various entry guidance and control methods which 
meet some or all of these needs have been consid­
eredl.-l.3 and although these studies do presemt 
solutions to the problem, they do not analy11e in 
detail the control parameters which strongly influ­
ence the entry guidance system. It is the purpose 
of this paper to demonstrate, by me=s of control 
system analysis techniques, the influence of vari­
ous control parameters upon the trajectory n10tion . 
A simple guidance method, using a reference trajec­
tory, will be developed from these principles, and 
a linearized form of the entry motion equations 
will be used to describe me.thematically the trajec­
tory dynamics resulting from this guidance method. 

This guidance technique will be demonstrated 
for entries of a low-lift (L/D =-0 . 5, w/cDs =- 48 psf) 
vehicle with entrance conditions (a velocit;>' of 
36,000 ft/sec at an altitude of 400,000 ft) that 
are to be expected in the return from a luna~ mis­
sion. As previously shown1 4 , i s the entrMce· velo­
city requires that lift be varied in such a manner 
that it does not let the vehicle skip out of' the 
atmosphere or exceed a given acceleration limit . 
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The use of lift variations to keep the vehicle 
within these constraints will be studied and the 
manner in which range must be controlled to reach a 
desired endpoint will be considered. Finally, as a 
practical application, the control system is illus­
trated with a fixed-trim configuration in which 
roll El.llgle is used to control lift during entry. 
The guidance characteristic of this system is shown 
for entries from a lunar mission as well as for 
entries at possible abort conditions. 

Control System Analysis 

Dynamics of Entry Motion 

In order to study the dynamics of entry motion 
a set of equations is needed which not only 
describes the illlportant aspects of the motion but 
which also has simple analytical solutions for use 
with control system analysis techniques. The equa­
tions of motion in the plane of the trajectory in 
their standard form - two second-order nonlinear 
differential equations With tim.e as the independent 
variable - can only be solved by a computer and 
they do not, as such, lend themselves to a general 
analytical solution . Chapman16 has shown that 
these equations may be approximated by one second­
order nonlinear differential equation with normal­
ized velocity, u, as the independent variable. 
Although his equation does indicate the important 
control aspects in entry motion, its nonlinear 
nature does not allow the use of standard control 
system analysis techniques. Before the Chapman 
equation can be used to analyze the trajectory 
motion, it must be linearized. The linearization 
given in the appendix will be used throughout this 
paper to illustrate the effects of various traj ec­
tory parameters that might be used to govern lift 
variation. 

Fig. l(a) shows a block diagram of the 
linearized equation of motion derived in the appen­
diJc . The equation of motion ls a second-order 
differential equation in either altitude, accelera­
tion, or temperature along the trajectory. However, 
when range is considered, the equation becomes a 
third- order differential equation. To illustrate 
the dynamics graphically in terms of the variation 
of trajectory parameters with velocity1 u, a simpli­
fied representation of the motions at the bottom of 
skip is shown in Fig. l(b) . When the altitude, 
acceleration, and temperature are near a maximum 
( or minimum) their corresponding rates of change 
must, of course, change sign, Also near this point, 
the range curve has an inflection point . The curves 
on Fig . l(b) indicate graphically the integrations 
(1/s) shown in the block diagram. 

It is interesting to note the loops inherent 
in the motion equation shown in Fig. 1. The upper 
loop, (1 - u2

)/A2
, corresponds to the spring con­

stant of the second-order differential equation, 
and, therefore, it determines the natural frequency 
of the trajectory oscillation. This loop is stabi­
lizing when velocity, u, is less than 1 (local cir­
cular velocity), but it is destabilizing when 
velocity is greater than 1 . The lower loop, 1/u, is 
a first-order damping term that adds damping to the 
trajectory oscillations. 



This simplified representation of the dynamics 
gives some insight into the terms a lif•t control 
system should incorporate . For instance, lift var­
iation controlled by range measurements represents 
a third-order system. It can be reasoned that this 
third-order system, like any other classical third­
order control system, needs first- and second-order 
feedback terms for satisfactory dynamic response . 
The first-order term in this case is represented. by 
the rate of change of altitude, acceleration, or 
temperature and the second-order tenn can be repre­
sented by the value of altitude, acceleration, or 
temperature . It appears that simple entry control 
techniques can be conceived. by consideration of 
these system dynamics . One method which will be 
demonstrated here is the guidance about a stored 
reference trajectory. The system chosen uses the 
difference in range from that of the reference tra­
jectory as the third-order feedback term, with 
errors in acceleration and in rate of climb used as 
second- and first -order feedback tenns . The com­
mand equation for lift-drag ratio is 

L/D = (L/D) ref + Ki ti.h + K~ + ~ 

where ( L/Dlref is the L/D function used to 
describe the reference trajector y, and the error 
quantities, ti.h, M, and CIR, are the difference 
between measured variables and the stored reference 
variables as a function of the velocity·, u, along 
the trajectory. A block diagram of this control 
system is shown in Fig . 2 . 

The trajectory dynamics associated. with each 
of the feedback terms in this control s,ystem will 
be shown . Comparison of the trajectory· motions 
resulting from simulated controlled tra.jectories 
will be made with the linearized analyt,ical expres­
sion of the motion taken from the appendix . The 
use of first- and second-order terms (t1, A) to con­
trol the trajectory and thus assure a ~.atisfactory 
corridor depth will first be discussed . Then the 
manner in which the third-order range term must be 
used will be demonstrated and the maximum value of 
downrange and crossrange available wiD. be 
determined , 

Design Reference Trajectory 

The reference trajectory to be usE,d must be 
precomputed for the desired path through the atmos­
phere to the desired touchdown . The entrance con­
ditions for the reference trajectory are limited to 
those within the safe entry corridor . This corri­
dor, which can be defined in terms of possible 
initial entrance angles, is presented tn Fig. 3 in 
relation to the overshoot boundary, where the 
vehicle vill just stay within the atmosphere, and 
the undershoot boundary, where the vehJLcle will 
reacb a specified deceleration limit . The refer­
ence trajectory is computed for a prescribed L/D 
variation which gives the desired path through the 
atmosphere . In this report the computed reference 
trajectory is expressed as an L/D function 
proportional to rate of cli.mb . 

Fig . 4 shows typical trajectories obtained 
when L/D is controlled by a constant--gain 
(K1 = -0 .001/fps) feedback for various initial 
entry angles . With this program for L/D the max­
imum value of L/D is commanded for t'.be initial 
portion of the entry; L/D is then varied, as the 

function of rate of climb, to stabilize the trajec­
tory; and, finally, at subcircular velocities, 
about half of the maximum L/D available is com­
manded, thus giving a trajectory within the center 
of the subcircular maneuvering capability of the 
vehicle . The reference traJectories in Fig. 4 have 
a particular variation of rate of climb, accelera­
tion, and range with respect to velocity which can 
be used for the reference values in the complete 
control equation 

L/D = (L/D) ref + Ki c.h + K~ + ~ 

The (L/Dl ref is that L/D used to describe the 
reference trajectory, ( L/D) ref = Kinref · A simpli­
fication can be made in this equation by noting 
that with this particular reference trajectory 

so that the equation reduces to 

Trajectories, also shown in Fig . 4, represent 
limiting values for the constraints used in this 
study. The over shoot trajectory (,1 = - 4 .6°) 
defines the skipout limit since the ma.xi.mum nega­
tive lift, in this case L/D = -0 .5, fails to keep 
the vehicl e within the atmosphere . The steepest 
entrance angl e ri = -7 -5° shown in Fig. 4 is deter­
mined by the acceleration limit (-lOg) which is a 
function of the ma.xilllum acceleration force that can 
be tolerated by the vehicle or crew . The -lOg 
acceleration limit is shown17 to be a realistic 
value for humans . The effect of the permissible 
acceleration level on the corridor bo\L~dary will 
be demonstrated. . 

Control System With Acceler ation and Rate- of-Climb 
Inputs 

The effects of the various feedback quantities 
upon the entry trajectory can be shown by using the 
input quantities independently and in combination . 
The first quantity to be considered is acceleration 
feedback which is used to control L/D 1n the 
following manner, 

Fig . 5 sbows trajectori~s for various entry 
conditions where L/D was controlled only by the 
acceleration error . I t can be seen in Fig. 5 that 
the resulting t r ajectories are very oscillatory 
about t he reference trajectory . The oscillatory 
character of this control is to be expected because, 
as was pointed out earlier, the acceleration feed.­
back is of second order and vould thus modify the 
frequency, but not the dBI11ping, in the equation of 
motion . 

Since t he trajectories are highly oscillatory 
when only acceleration feedback is used, it would 
seem reasonable that the addition of rate of climb, 
which is essentially a first- order feed.back quan­
tity, will damp the motions . The combined. acceler­
ation and rate- of- climb trajectory control is 
specified by the following equation 

This method of control is i llustrated in Fig . 6 
wherein the acceleration error 6A is shown versus 



velocity for various constant Ki gains in the 
trajectory control equation. The effect of the 
rate-of- climb control is particularly evide:Qt in 
this figure because, as can be see11 from the curves, 
when the K1 gain is increased, the resulting 
vehicle acceleration damps quite rapidly to the 
acceleration profile of the reference traje,ctory . 
Wben rate-of-climb feedback gain is approximiately 
-0 .001/fps, the damping, as can be seen in Fig . 6, 
is almost critical and the vehicle accelera•tion 
reaches the design trajectory acceleration •with a 
sm.all amount of overshoot by the time the vehicle 
velocity has decreased to local circular velocity 
(u = 1). 

An approximate analytical description of the 
trajectory dynamics for this combined rate of climb 
and acceleration feedback can be obtained from the 
linearized equations in the appendix . From the 
appendix the linearized characteristic equation 
with combined rate of climb and acceleration 
feedback is 

s2 + (i - 25,800K0s + 900 (
1
~:

2 
- K.2) = O 

from this equation 

2~Wn = i - 25,800Ki , (radians/unit of u) 
u 

and 

wn2 900 ~ - K2 , (radians/unit of ii) 2 
( 

-2 ) 

A~ef 

If Ki and K2 are set equal to zero, these expres­
sions for damping and frequency reduce to the val­
ues inherent in equations of motion with no L/D 
variations . It can be seen that if Ki and K2 are 
negative numbers, they will increase the damping 
and the frequency of the trajectory oscillations . 
If, for example, we set Ki= -0 .001/f'ps, 
K2 = -0 .33/g at u = l, the computed damping factor 
is ~ = 0 .78 . The corresponding curve of Fig. 6 
compares favorably With this result . The approxi­
mate formulas for damping and natural frequency can 
be seen to give a quantitative as well as a quali­
tative insight into the effect of the rate- of- climb 
and acceleration gains upon the vehicle trajectory . 

Typical rate-of-climb and acceleration­
controlled trajectories are shown in Fig, 7 for 
various initial entry angles . It can be seen that 
for the usable range of entry angles, the vehicle 
trajectory damps to the reference trajectory by the 
time the vehicle velocity has decreased to 
approximately local circular velocity . 

Usable Corridor Depth 

The limits of entrance angle within which a 
specific vehicle will enter the atmosphere Without 
violating any of the constraints placed upon its 
trajectory determine the usable corridor depth. A 
comparison is made in Fig . 8 of the usable corridor 
depth for the three control combinations considered 
thus far . From Fig . 8 it is seen that with L/D 
variation controlled by combined acceleration and 
rate of climb, the usable corridor depth is almost 
equal to the available corridor depth . When L/D 
variation is controlled by acceleration errors, the 
usable corridor depth is approxiJDately 10 miles 
less than the available corridor depth regardless 
of the acceleration constraint placed upon the 

trajectory . When L/D is controlled only by rate 
of climb, the usable corridor depth is about 
13 miles less the.n that available. The data in 
Fig . 8 represent the maximum usable corridor depths 
to be expected with the given Ki and K2 gains. 
The usable corridor is pr1lllarily a function of the 
first- and second-order feedback terms . Additional 
effects of range, the third-order feed.back term, 
upon the trajectory characteristics will next be 
considered . 

Control System With Range Input 

A control system using range measurements 1n a 
fashion that will assure the vehicle's arrival at a 
desired destination at the end of the reentry is 
prescribed in the following manner: 

L/D = (L/D) ref + Ki& + ~ + K::i6R 

or, for the particular case considered herein, 

The range error term, CIR, is the difference between 
range to the destination and range the reference 
trajectory Will traverse. If this error is zero by 
the end of the trajectory, then the vehicle will 
reach its destination. The terms Kitlh and Ka6A 
are those described in the previous sections and 
are used to give acceptable control of L/D. 

The effect of range input gain, Ks, is shown 
in Fig . 9 for a given initial range error about a 
given reference trajectory. Using a low value of 
gain does not correct entirely the range error by 
the end of the trajectory. On the other band, 
large values of range input gain will overcontrol 
the vehicle and can cause it to skip out as shown 
in the figure . In order to gain a better under­
standing of the problem, an approximate analytical 
expression for the trajectory dynamics derived in 
the appendix can be used to assess the effect of 
range-error gain . From the appendix the linearized 
motion equation at local points along the 
trajectory can be stated: 

s
3 

+ (½ - 25,800Ki) s
2 

+ 900 (\"ie!2 

- 0 s 

"" e-+ 3,=10 U v_ ,,,, 0 2 n-3 

Aref 

This is a linear third-order equation and the stan­
dard methods of control analysis can be used to 
gain insight into the trajectory dynamics . One 
simple method of analysis is to determine the val­
ues of Ks which make this equation stable. From 
Routh' s criterion for stab ill ty, Ks must be 
positive and also 

( \; u
2 

- K2) (½ - 25,800K1.) A~ef 
Ks< ref 

4,ooo u 

The above expression can be used to determine the 
upper l1mi t on Ks ( 1. e . , the upper l1mi t based on 
stability consideration) and can be used to observe 
the qualitative interaction of K11 K.2, Ks, and ii 
on trajectory stability. From the above equation, 
increasing the magnitude of Ki and Kz will allow 
the upper limit on Ks to increase and it is 
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:lmportant to note tbat the upper limit of K3 will 
increase as u decreases . To maximize range capa­
bility and drive the range error to zero by the end 
of the trajectory it is desirable to have a large 
value of range input gain, K3 , but still maintain a 
margin of system stability . This value of' gain 
must be small, then, when u is large ( i.e., u >l) 
and larger val ues of gain can only be used. when ~u 
is small (i .e., u < 1) . 

The maneuvering longitudinal range ce.pab ili ty 
boundaries as a function of initial entry angle 
tha~ result from various range input techtd.ques are 
presented in Fig. 10 . In this figure the range of 
the reference trajectory is 34oo miles and. rate-of­
clilllb feedback gain and acceleration feedback gain 
are held constant. The curves labeled range input 
from u "' 1 ;,ere obtained with K3 = 0 whe,n u > 1 
and K3 " 0 .006/mile when u $ 1, and the c:urves 
labeled "range input" from i1 = 1 . 4 mean that 
K3 = o .ooo8/mile when ii.> 1 and K3 = 0 .006/mile 
when ii. < l . It can be seen that if rangei control 
is exert;d only when velocity is less than local 
circular velocity, the vehicle has a range: ca1>abil­
ity of approximately 2000 miles for any entry angle 
within the usable entry corridor . In contrast, 
when t;,o- step range input is used from ii = 1.4 the 
range capability is increased 500 to 2000 miles, 
depending upon the initi al entry angle . However, 
f'or shallow entry angles and for flight rimges 
greater than the reference trajectory, there is an 
approximate 6-mile reduction in the usablE! entry 
corridor . This is because, if for shallow-entry 
angles an attempt is made to extend range vhen 
ii> 1, the range input will overpower the tirst­
and second- order input terms and cause thE! vehicle 
to skip out . Even though there is this s:Light loss 
in usable corridor depth, this use of a stnall range 
input gain at the higher velocity adds considerably 
more usable range. 

The attainable ground area for two d:Lfferent 
corridors is shown in Figs . ll(a) and ll(b) . The 
conics in these figures represent the vacuum tra­
jectories for the extreme entry angles at the 
boundaries of the corridor in each case w1d the 
shaded areas represent the ground area th11t can be 
reached from any entry angle within tbe corridor. 
In Fig. ll(a) for the 3~-mile usable egtr:1 corridor 
depth between 7i = -5 . 3 and 71. = -7. 5 tl:le attain­
able ground area is about 2200 miles of d,:nmrange 
capability and from ±250 to ±350 miles of cross­
range capability. In Fig. ll(b) for the .ll-mile 
usable entry corridor depth between 71. = -5 .8° 
and 71. = -6 . 5° the attainable groi.md area for the 
vehicl e is 3900 miles downrange and ±250 ·to 
±550 ID.iles crossrange. These data illust.rate tbe 
trade off that must be. considered between the 
specified corridor depth and attainable g;round area, 
This demonstrates that the largest ground area can 
be attained if the entry can be ma.de within the 
smallest specified corridor . These data also show 
the ca:pabilities that can be expected for the 
supercircular entries . The following section 
illustrates the application of these control-system 
principles to a particular vehicle . 

Control- System Application 

The control-system principles described in 
tbis study will now be demonstrated by application 
to a particular entry vehicle . The vehicle chosen 
is a lifting capsule configuration trimmed by 
center-of- gravity position to give a constant angle 

of attack that produces a ratio of 0 . 5 between the 
force normal to f l ight path and the drag force 
along the flight path. The vehicle roll BJ1gle is 
then used to control the lift force in the vertical 
plane during entry. This roll - angle co=and method 
will be illustrated for entries from a lunar mis­
sion, as well as for entries from abort conditions . 

Roll-Angle Command 

The control method described in this study is 
'used merely to null errors in the trajectory vari­
ables . It is therefore reasonable to expect that 
the full transformation that relates roll BJ1gle 
to L/D [ L/D = (L/D)max cos q>) need not be used in 
the collDllB.lld equation. Instead, the following sim­
plified command equation, which was found to be 
adequate, will be used. 

The predetermined reference trajectory that is 
needed for this control system is computed by con­
trolling a trajectory with IQ) I - 90° = K~n 
exactly as was done in the previous section . 
During an entry, the K~n and Ka6A terms in the 
command equation cause the vehicle trajectory to 
converge to the design trajectory; the range input 
term, K!,i6R, caJ1 be used to null the range error so 
that the vehicle reaches a prescribed destination . 
~ the command equation a low value of range gain, 
Ks, is used when vehicle velocity is greater than 
local circular velocity . Larger values of range 
gain, compatible with the previous stability con­
siderations, are used when vehicle velocity is less 
than local circular velocity . 

The connnand equation determines the magnitude 
of the roll angle, and tbe sign of the roll angle 
is detennined by crossrange . The method of deter­
mining the sign of the command roll angle by cross­
range to the destination is sbown in Fig . 12. The 
method is to let the vehicle fly to one side until 
the crossra.nge to the destination exceeds a value 
specified by a design envelope at which time the 
sign of the roll-angle command is reversed . The 
allowable crossrange design envelope is made a 
function of u2 which is sbownl8 to be a good 
approximation for crossrange capability of a 
vehicle, particularly when its speed is less than 
local circular velocity . For the control system 
used here the crossrange to the destination is 
allowed to become equal to approxillla.tely one-half 
(100 u2

, miles) the maximum crossrange capability of 
the vehicle, at which time the sign of the roll­
angle command is reversed . This procedure usually 
entails a maximum of four to six roll reversals 
during typical entry trajectories . 

Entry From Lunar Trajectory 

Both automatic and piloted control have been 
studied for this type of roll- angle command system. 
Fig . 13 shows a typical trajectory in vhich roll 
angle is controlled by the automatic system. It 
can be seen that the crossra.nge error becomes zero 
by the end of the trajectory, and the downrange 
error, which is inittally -1500 in.iles, converges to 
zero at the end of the trajectory . The attainable 
ground area and usable corridor deptb obtained Iii.th 
this roll command system ie essentially the same as 
given by Fig . 10, where a similar 3400-mile design 
trajectory ;ras used. It is important to note that 
this range capability is achieved with one design 
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trajectory. If greater ranges are required than 
those shown in F'ig . 10, another design trajectory 
will have to be used . The range capability is 
essentially the same for either automatic or 
piloted control because under normal conditions the 
task of followin,g the comm=d roll angle can be 
accomplished by either vith nearly equal facility. 
However, the pilot will strongly influence the 
successful completion of an entry mission when an 
emergency situat.ion occur.s . For instance, simula­
tion studies with NASA test pilots indicate that 
this particular roll-angle control task can be 
accomplished eve:n when the short- period stability 
augmentation system fails . 

Entry From Abort, Trajectories 

The possibi.lity of an abort during a lunar 
mission poses -thLe most stringent requirement that 
can be placed upon a guidance ~ystem - that it be 
able to cope with those conditions which are 
extremely far from the design trajectory . Typical 
abort trajectories vere flown using this roll 
co~d guidance system and are shown in Fig . 14. 
These trajectories represent reentries at 
26,000 ft/sec an.d. 32,000 rt/sec where the destina­
tion is 1,500 miles from entry into the atmosphere . 
Many extreme abo,rt conditions were investigated . 
The sensitive situation for this guidance system, 
and one which wo,uld be difficult for most guidance 
methods, vas found to be emergency entry in which 
the vehicle at the bottom of the first skip is near 
circular velocity and range extension is needed 
from this point to reach the destination . The 
entry at 26,000 rps in Fig . 14 illustrates such a 
sensitive situation. Although these entry condi­
tions are quite different from the reference tra­
jectory, the guidance system is able to govern the 
trajectory so that the vehicle reaches its destina­
tion and none of' the acceleration constraints are 
violated . 

The ability of this control system, vhich uses 
only one referen.ce trajectory, to handle these off­
design entrance conditions is due pr:i.Jllarily to the 
fact that the four state variables needed to 
describe the tra.jectory are contained in the guid­
ance law. This is equivalent to the fact that all 
three of the feedback loops are used in the third­
order control system described as a function of 
velocity . This control system therefore is able to 
damp out the oscillations along the trajectory and 
guide the vehicl.e to a desired end point . 

Conclusions 

It has been shown in this paper that reentry­
trajectory control systems can be represented as a 
third-order control system described vith respect 
to velocity. Tbe first- and second-order feedback 
terms determine the vehicle's usable corridor depth 
because they dBl!lp the vehicle trajectory to the 
reference trajectory in such a way that the vehicle 
does not skip out of the atmosphere or exceed spec­
ified accelerati9n limits . Range error feedback, 
the third-order term of the control system, must 
have a high gain at velocities less than local 
circular velocity to insure that range errors are 
zero by the end of the trajectory . and the feedback 
gain must be low at higher velocities to insure 
trajectory stability. 

A system using one reference trajectory was 
investigated for a low L/D vehicle and super­
circular entry velocities . The results indicate 
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that for a 34-mile usable corridor depth, attain­
able downrange increment is on the order of 
2200 miles, and for an ll-mile usable corridor 
depth, attainable downrange increment is on ~he 
order of 3900 miles . 

This reference trajectory system wafl demon­
strated for a lifting capsule configuratj.on where 
roll angle is varied to modulate lift . ~:he control 
system using only one reference trajectol-y gives 
satisfactory guidance for entries from design super­
circular velocities as well as entries from abort 
or emergency conditions . 

Appendix 

An approximate equation that represents the 
dynamics of the equations of motion about; a refer­
ence trajectory can be derived by a lineeLrization 
of the following Chapman equationl.8 

vhere 

Z' and Z" are the first and second der11ira.tives 
with respect to u . 

(1) 

Let 6Z" 1 t:;Z' , and M. denote the VELriations 
of the vehicle trajectory from a reference trajec­
tory; then equation (1) can be written iIL the 
following form: 

(. Z" + t:;2.") - .!(z• + &.') ref u ref 

_[r;; (L/D) (2) 
\l 

Nov if this equation 1s linearized by neglecting 
(&.) 2 compared to ~ef, it becomes: 

This is a linear differential equation 1t1 &. with 
variable coefficients. 'l'he left side is the ''char­
acteristic equation" that describes osciJ.lations of 
the trajectory about the reference trajec·tory 
defined by the right side of equation (3) when 
L/D = (L/D)ref · Then when L/D = (L/D)ref the 
right side of the equation is the Chapma.IL equation, 
(1), for the reference trajectory and may be set 
equal to zero . " 

By noting that - [ffr uZref = Ar ef and that 
1/ u.2 is small compared to ( 1 - u.2 ) / ( u2 ~:ef) , 
~~uation (3) may be written: 

A'711 6Z' 13r(l - u2
) A'7 = - ffe ~(L/D) 

u.,., - --- + 2 UL, 

u. A"f u 
(4) 



The operator transform of equation ( 4) may be 
written : ( Note that du in eq . (1) is negative 
during solutic>n of an entry trajectory . ) 

The dynal::dcs of this characteristic equation 
w1.ll be described for various functions controlling 
l).(L/D) . 

Rate- of- Climb Input 

The exprc?ssion for rate of climb in the Z 
function nota•~ioni6 is h =-.Jg/13 (uZ' - Z), .t'ps; 
L/D is controlled by h errors about the refer­
ence trajecto:ry in the following manner: 

This 6(L/D) can be substituted into equation (4) 
to obtain the following result : 

Then at each local point along the trajectory, the 
damping and natural frequency can be approximated 
by: 

~Wn "' ~ - Kiw, radians/unit of ii 
u 

From these approximate solutions, important features 
of the dynamics can be noted . The gain Ki must 
be negative to increase the damping of the trajec­
tory and this in turn increases the natural fre­
quency. The increase in wn2 is very slight, 
however, for the Ki large enough to give near 
critical damping ( t = 1); so then rate of climb is 
essentially e. simple first-order feedback term, 
that 1 s, affe,cting the damping only. In future 
derivations t.he K1 contribution to natural 
frequency wiJ.l be omitted . 

Acceleration Input 

The expression for acceleration 1n 'the Z 
function notfitionlB is A = - .[{fr u.Z, g . Acceler­
ation errors control L/D about the reference tra­
jectory in the following manner: 

This value t,(L D) can be substituted into equa­
tion ( 4) to obtain : 
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At each local point along the trajecto:ry, the 
dyne.mies may be approximated by: 

2~Wn "' Jc, radians/unit of ii u 

It is apparent "then that if K2 is negative, the 
natural frequency is increased and ~ will not 
affect the damping . 

Range Input 

The expression for range in the Z function 
notation18 is 

r lii.i dii 
ro-= Z, miles 

528o..,.j3r U2 

The L/D is controlled by range errors about the 
reference trajectory 1n the following manner: 

L 
l'.>D=K~ 

= K:3 r 
528o_ffr 

rui du] 
- Ju2 Zref 

[1 iii ...,....-<---=;.==er-,---=-e,z-) d_ii _ 
u 2 ( Zref - 6Z){ Zref + DZ) 

If DZ2 is neglected compared to Zier this 
becomes 

This value of 6(L/D) may be substituted into equa­
tion (t+) and the equation becomes 

For tbis third- order equation not to have a posi­
tive root, Ks must be greater than zero and u. 
must be less than unity . An upper li:lllit for Ks 
may be determined by using Routh ' s criterion for 
stability; that is, the trajectory will be stable 
if 

As is shown in the text, other inputs ( i . e . , accel­
erations and rate-of-climb control) w1ll add damping 
to the control system and permit a larger value 
of K:3 than the one shown here for range error 
input alone . 
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D 

Notation 

horizontal acceleration, g units 

D drag coefficient, 
( 1/2)pV2 S 

drag force, lb 

g local gravitational acceleration, rt/ sec2 

h rate oJ~ climb, fps 

L lift force, lb 

lil mass oJ' vehicle, slugs , 

r distanc:e from planet center, ft 

R downrartge value along a local great circle 
route, in space, miles 

s 

\l 

ii 

V 

w 

p 

"/ 

surfacE• area, ft2 

circum:f'erential velocity component nonnal 
to re.d.ius vector, fps 

dimensionless ratio, 

u u 
circular orbital velocity' .[gr 

resultant velocity, fps 

weight of vehicle, lb 

~tmospheric density decay par8llleter, ft-i 

flight path angle relative to local 
horizontal; positive for climb 

p atmosphere density, slugs/cu ft 

cp 

Wn 

roll angle, deg 

damping factor 

re.d.ian natural frequency,-----
unit of ii 

Subscripts 

ref respect to reference trajectory 

l. initial value 
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orbit for a r..anned space station or an orbiting 
launch complex is emphasized . The way the launch 
delay proble,m affects the selection of the ascent 
trajectory 2Lnd the tar get orbit is discussed . A 
specific asc:ent trajector:,• and an orbit for a 
r.ianned space! station or an orbiting launch com­
plex is reccimmended on the premise that launch 
delay proble,ms will continue to outweigh most of 
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posed . The proposed methods consist of an 
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m TRODOC: TION 

One of the essential reauirements for a strong 
national manned space effort is a satisfactory 
rendezvous capability. B:,· means of this ca oa­
bili ty we can assembl e , supply, and maintain 
!".\anncd space stations and orbital launch facili­
ties ; and can expedite our most important current 
J:ational space project, the Apollo, b:,, at least a 
:;ear. Over the last four years the development of 
the anal;rtic portion of rendezvous guidanc~ tech­
nolocv has been proceeding, and now two experi­
mental rendezvous projects, the Air Fbrce 1s un­
manned "Satellite Interceptor" and the J!ational 
and Space Administration I s manned 11 Gemini 11 are 
in pro9'eSS , 

While this rev:i.ew of the rendezvous cuidance 
literature naturall~• has some apPlica tion to these 
current projects , the specific proposals which are 
presented herein for ascent trajectories and for 
mid-course guidance apply primarily to more ad­
vanced systems, such as those associated with a 
permanent manned space station and/or an orbiting 
launch complex. A fairly complete biblio[Taphy 
of about 160 rendezvous guidance technoloc:}' 
re?orts was prepared for this report. Durinc the 
last four years at r;orthrop Corporation alone , 
over 50 technical reports on various aspects of 
rendezvous technology have been \J:I'itten· (in addi­
tion to numerous progress reports and proposals) . 
Two years abo Rob1rt E. Roberson presented a car.~ 
prehensive review of rendezvous guidance in which 
he listed 22 selected technical reports {about 
half of the reports available at that time) . A 
sil!lil ar "selection" from the r eoorts available 
today \lould total about 65 repo~ts . This gives a 
rough indication of the current nature of ren­
dezvous studies {and of the percentag·e decrease 
in quality of the published reports) . 

The problems associated with guiding a maneuver­
able e.:itrovehicle (to be called a "space ferry" 
in the follo\ling discussion) either f'rom the earth 
or from another orbit, to an orbiting space sta t in 
or orbiting launch complex ( to be called the 
"target satellite" in the following) , cover a num­
ber of astronautical technologies . F'or e:xample , 
some of the more important considerations in ren­
dezvous operations are : the characteristics of 
the launch vehicles , the trajectories to be fol­
lowed, the sensing equipment, the mat.hematicaJ 
models used, the ~omputL~g equipment used , the 
propulsion syster., and attitude control system 
used, tile :locking :i.nd coupling system used and, 
most important, the over-all mission of the 
syster.i. 

The development of a strong rendezvous guidance 
technoloQ' is important for both civilian and 
military applications . The special i'eatures of 
military applications of rendezvous techniques 
will not be discussed here, although it should 
be noted that many of the lov.stics problems 
associated with military operations tn space 
are substantially identical to the civilian space 
logistics problems. 



The word, "rendezvous, 11 has many meanings 
even when used in a strict astronautic :;ense. 
"In- transit-rendezvous" is the rende.zvous between 
vehicles while in route to tr.e lunar surface or 
the planets . The term, "planetary rendezvous , " 
denotes the rendezvous of a r.ian- ;~.ade astrovehicle 
and one of the planets in the solar syste:n 
( usua.11;- a planet other than "earth" unless the 
astrovehicle was launched from another planet) . 
".Rendezvous" will be used in this paper to denote 
the process of tring:ine a r:ianeuverahle astro­
vehicle , or space ferry , into gentle contact with 
a non- naneuverini; orbital vehicle in a near-earth 
orbit. 

l!ote also that the mid- course guidance problems 
associated witl: the rende:.vous between a space 
ferr:; and a tarcet satellite, and the mid-course 
aw-dance problems associated with "planetar y 
rendezvous" are very si;nilnr. In tr.e ter.:u.nal 
phases of planetary rendezvous the in.fluence of 
uavitational field of the planet and the in­
fluence of its at~~sphere are of predor.ri.nant :ir.1-
portance , while the i;ravi tational attraction 
between a space ferry and a target satellite is 
co1,1pletel:r neclifible , and they have no atmos­
phere . tecause the mid- course Qlidance probler1s 
are siJ~ilar, the bibliography presented in this 
report contains some papers dealing with the mid­
course guidance problems associated with plane­
tary rendezvous . 

The cost of rendezvous operations, even the suc­
cess or failure of such operations, depends to a 
major extent upon the proper selection of trie 
target satellite orcit and the ascent trajec­
tories used b? the space ferry . As a result of 
studies of the i,;a:,· the rendezvous riroblerns affect 
the over-all systeJ;1 optimization, soJ;1e specific 
recommendations for the over- all stacing design 
of l aq;e launch vehicles will be made. The 
stacinc and , in ceneral, the ascent trajectories 
will be discussed in so:,1e detail in the section 
entitled , ''ASCEi;T Pi!ASE, " 

In tho section entitlcc, 111:ID-COURSE GUIDA!1CE 
Pi~~SE," are presented so:.1e of the requirer.ients 
for nri.d- course (:Uidance and a su;nrnary of past 
studies . ':'he .,ri.d- course cuidance phase is con­
sidered herein to inclurle all operations from the 
r.ioment of leavin£ the W2iting orbit (or another 
orbit) until the terminal homing phase starts . 
The initial range may be of the order of 450 
nautical 1.ti.les and this, o~ course , requires the 
use of powerful beacons in the target satellite , 
This definition includes what has sometimes in 
the past been called tem.inal- impulsive guidance . 
Since substantially ~he saMe techniques are re­
quired for both terminal-impulsive and mid-course­
impulsive b'Uidance , it is believed more desirable 
to broaden the definition of mid-course ,guidance 
to include substantially all near- impulsive cor­
rections given to the m:ineuverinc vehicle . The 
authors also present a proposed new method for 
mid-course euidance , using the "Shell-coordinate 
systen, " wlti.ch they have previously proposect2 , J , 
anJ an "exact-nu:nerical" solution of the relative 
equations of motion (see Appendices A and D) . 
The solution is so arranced that the velocity 
components required for rendezvous at a specified 
time can be calculated fllOre accurately than will 
be required when consideration is civen to the 
errors due to the sensine equipr.ient (the radar 
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equipment, for example), Trie proposed method 
allows a great extension in the range of appli­
cability of r.ri.d-course guidance - above that of 
currently available linear systems. The scheme 
does , hoi1ever, require greater space borne digital 
co!"'.puter capabili t:,, than would be required by the 
linonr systeM. Greater radar rane:e (using 
tea.cons, of course , for the friendl;- rendezvous 
case) is also desirable to fully utilize all the 
potential of the proposed scheme. It is be­
lieved the desired sensors and computer equip­
ment will be available for the suggested appli­
cations, 

As was previously mentioned, the mid-course 
guidance phase of planetary rendezvous is similar 
to the mid-course guidance phase oi' orbital ren­
dezvous , For this reason the proposed new pro­
cedure for calculating the velocity corrections 
reouired for orbital rendezvous mid-course 
guidance may have direct application to planetary 
rendezvous operations, Further investigatio,1 
wil l bo required to establish the relative use­
fulness a: the methods pro9osed in Appendices A 
and B with those currently suggested for plane­
tary rendezvous mid-course guidance, 

Although the main emphasis in this report is on 
the ascent and mid-course guidance phases, some 
consideration is also i;iven to t he terminal 
homing phase, the docking pr.asE:, and the couplinc 
phase . While it is certainly necessary to perform 
tl-:ese maneuvers accurately and with high relia­
bility, it is expected that the selection of a 
specific method of performing these reneuvers 
will, in general, have little effect on the over­
all performance characteristics , i.e., the total 
payload which can be placed in orbit. The dis­
cussion of the studies available on equipment 
1,1echanization and error analyses is also rather 
limited, since few such studies are currently 
available for the type of rendezvous applications 
mainly under consideration herein. 

This paper has three appendices. The first two 
appendices (A and B) discuss in some mathematical 
d~ta.il the "exact-numerical" solution of the 
rendezvous equations of relative ffiotion in the 
"Shell-coordinate system," and the methods of 
using the numerical solutions of these equations 
for two- ilnpulse mid-course rendezvous guidance , 
Because the formulation of the equations and the 
method of solution are new, it was felt desirable 
to or esent it in some detail. The essence of 
the~e ti,;o appendices is, however , summarized in 
the body of the paper for those not directly 
working in the field . In Appendix (C) is given 
a summary of the various fonns of the rendezvous 
equations of motion which are used . The material 
in this appendix is included primarily for con­
venient reference , 

Three II flight Perfonnance Nanuals for Orbital 
Operations" have recently been !)repared for the 
liarshall Space nii;;ht Center/l;AsA, and contain 
rr.any useful design charts4, 5, 0 • The material 
contained in each of the three handbooks is 
somewhat different, but it is all valuable . It 
was not felt desirable to reproduce herein the 
material on rendezvous given in these !l\'.l.nuals 
but, rather, the recommendation is made that 
any serious student of rendezvous technology 
acquire access to these three unclassified 
handbooks , 



ASCENT PHASE 

System Variables and Criteria 

The rendezvous of a vehicle launched from the sur­
face of the earth with an orbiting target sntel­
lite in an orbit with arbitrary inclination, alti­
tude, and epoch angle involves l arge performance 
penalties and severe f;Uidance problems . While 
this is the normal military interception problem, 
and the inefficiencies must be accepted in the 
military situation, it is certainly i ntolerable 
for the routine , but expensive , logistics opera­
tions associated with a manned space station or an 
orbiting launch complex. Although it is possible 
that we will have a major launch base near the 
equator at some future time or that we may de­
velop oceanic portabl e launch sites, it is most 
likely that the free- world establishment of a 
manned space station or an orbiting launch com­
plex will take place from the Atlantic Missile 
Range . The orbit of these systems should thus 
be selected in such a way as to optimize the re­
quired rendezvous operations for launches from 
the Atlantic 11..issile Range . 

It is quantitatively very difficult to measure the 
11cost11 of a rendezvous operation which is not per­
formed because adequate allowance was not made for 
possible aborts, launch delays , etc . The over­
all cost is probabl y much mor e than that of the 
cost of the s ingle launched vehicle . It may in­
volve some danger t o the well- being of the whole 
space station or, if additional back-up launch 
capability is maintained at all tmes, the rather 
tremendous cost of such an additional capability 
must be charged against the unreliable, poorl y 
desiQ1ed rendezvous system. The numerical evalu­
ation problem is difficult but, f or tunately, it 
is not the purpose in this paper to make a quan­
titative operational research study of rendezvous 
operations but, rather, to point out some of the 
fundamental system variables that must be con­
sidered, 

The expected 11cost11 of rendezvous operations thus 
depends on the following: 

1. Probability of a successful rendezvous . 
2 , The over-all payload capability of the 

launch vehicle . 
J. The relative size of the launch vehicle 

stages . 
4. The way the ascent phase errors affect the 

mid-course and terminal guidance phases . 
5 , Payload penalty required for corrective 

guidance . 
6. The operational problems associated with 

launch (these problems can be measured both by 
the statistical distribution of launch delays 
and the monetary cost of launch operations) . 

7. The weight and size of the required life­
support system in the space ferry (as it affects 
the time in a waiting orbit} . 

8 , launch base location and facilities 
available . 

9. Safety provisions during launch. 
10. l•:.ission of manned space station or orbiting 

complex. 
11. Characteristic velocity requirements to 

maintain vehicles in the target orbit. 
12. Iladiation hazard associated with target 

orbit altitude. 
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13. Payload penal ties for ferry vehicle associ ­
ated with target orbit altitude . 

14. Payload penalties for ferry vehicle associ­
ated with earth rotation effects , 
15. Personnel morale problems associated with 

rescue capabil i t y. 

In the selection of the optimum ascent phase con­
sideration must be given to all of the system 
variables specifi ed above . Certain qualitative 
criteria can be postulated which are, for the most 
part, rather obvious , It is desirable to have a 
high probability of a successful rendezvous, and 
usually it will be worthwhile to have a rather 
conservative design , for the factors relating to 
the high probability of a successful rendezvous 
most likely outweigh the perfonnance criteria . 
On the other hand, it i s very possible to 11have 
one ' s cake and eat it too11 by careful selection 
of t he target satelli te orbit and ascent trajec­
tory along with the selection of the staging of 
the l aunch vehicle . For example , if all of the 
characteristic velocity margin (required to over­
come some of the factors that would decrease the 
probability of a successful rendezvous) is placed 
in the space ferry, then this margin, when not 
actually used, can be considered useful payload, 
since it will always be desirable to accumulate 
fuel in orbit. The latmch delay problem men­
tioned in i tem number 6 is quite important. To 
avoid IJl'l.necessary repetition the launch delay 
problem and the other criteria will be discussed 
in more detail in the next two sections . 

S™r;! of Past Studies 

"Rendezvous- Compatible- Orbif:f' are a class of 
orbits which are designed?- to allow efficient 
rendezvous operations . An example of a desirable 
r endezvous-compatible-orbit is shown in Fig. 1. 
A rendezvous- compatible-orbit is one in which the 
satellite traces over the earth are synchronized 
with the rotational period of t he earth, This 
synchronization is obtained by the proper selec­
tion of t he period of a satellite in a near­
circular orbit and of the orbital inclination. 
It is necessary, however, to maintain the period 
of the satellite by a station- keeping procedure 
since, otherwise , there will be a continuous but 
varying drift due to the various per turbations 
acting on the satellite . 

If the satellite is placed in any synchronous 
orbit in the proper epoch angle relative to the 
l aunch base, one efficient rendezvous per earth ' s 
rotation is possible , If the orbital inclination 
is simultaneously selected with the orbital alti­
tude, it is possible to select points on the earth 
where one of the ascending (relative to the equatcr 
crossing) intersect. If these intersections are 
placed over a lai.mch site, two efficient rendez­
vous are· possible each day . 

In actual uractice the vehicles cannot rendezvous 
directly o;,er a latmch base ; therefore , when it 
is desired to determine the orbit which allows 
two possi ble rendezvous per earth ' s rotation, it 
is necessary to make some assumptions concerning 
the trajectory of the launch vehicle . A simple , 
surprisingly realistic , assUJ;Jption which can be 
made is that the injection point i s a &iven dis­
tance downstream from the latmch base - r ecard­
less of the direction of launch. That is, the 



injection point is asswBd to lie on a small circ:Jo 
of constant radius from the lai.mch base. 

It was pointed out in the renorts7~13 on rendez­
vous-co~patible-orbi ts that the more important of 
the over-all system reguirements for the selection 
of target orbits can be □et by havins the tar50t 
satellite in an orbit with an altitude so selected 
as to give a synchronous ratio between the rota­
tional period of the satellite and of the earth of 
eY.actl:,- 15 to 1 . In llef. 7 , the problems associ­
ated with the selection of the inclination of the 
"rendezvous-compatible-orbi t 11 were discussed and 
a low inclination orbit was recommended, pri;i,arily 
based on the belief that a pessimistic vi ew should 
be taken of the precision with which the tL~inc cf 
launch operations will occur. It was pointed out 
that a low- inclination orbit is more tolerant of 
launch delays than is a hii;h- inclination orbit. 

It should be noted that larger orbital plane in­
clinations allow rescues fro□ ground- launched 
vehicles a mucJ, ;::r<Jater percentai:;e of the da:, wi 1h 
moderate plane an::J.e c:1anse cap:i"bilit~·. 

0
For 

exa~ple, a plnne inclination of about 35 and a 
lcP plane angle cl.ance capability allows six hours 
per day rescue CaJX!.bili t;;. However, it seems 
preferable to provide "lifeboat" ty'f)e return 
capability in the space station, rather than hope 
to "rescue11 the personnel - rainly because of 
the tremendous cost of rnaintainine a fully 
equipped launch facility for rescue . Thus , a 
lower inclination orbit plane of about 29. 2° is 
recommended . 

Since these rendezvous-compatible-orbits are des­
cribed in detail in these six references , a de­
tailed description will not be repeated here . It 
should be noted, however, that the prime advanta&e 
of rendezvous- compatible-orbits is that two ef­
ficient rendezvous can be performed each day 
(more exactly each "effective" earth ' s rotation, 
:i.e . , the tir.ie required for the earth to rotate 

one revolution with respect to the tarcet satel­
lite orbit plane) . If J.ai.mches are made at pre­
cisely the rieht time these two rendezvous are 
made without any plane ani:;le change . If there is 
a slight launch delay, a small orbit plane angle 
change is required - the magnitude of the plane 
angle change depending on the amount of the delay 
and of the particular inclination rendezvous­
compatible-orbit chosen. 

A rendezvous-compatible-orbit clearly requil'es 
that the initial errors in orbit establishment of 
space station be corrected and that the proper 
epoch angle be maintained by a station- keeping 
control system. These problems were discussed 
by the authors14 and a recommended "zero cost" 
station- keepine technique was suggested. 

It has been sug@sted by John Bird, David Thomas , 
and John Houbo1tl5, 16 that only a very small plane 
angle change wculd be required to perform a ren­
dezvous once-a--<iay, provided the inclination of 
the target orbit plane was only slishtly greater 
than the launch base latitude . The scheme , as 
suggested in these references, requires an ac­
curate launch time (when the target is in the 
proper epoch ancJ_e) , althouch it clearly could be 
modified by the use of waiting orbits . Utilizing 
this technique , there is no requirement for 
station- keeping of the target satellite and no 
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requirement for the accurate selection of the 
orbital altitude . In g-eneral, the plane angle 
chances required for this technique are about 
half of the difference between the inclination 
or the tareet orbit plane and the launch base 
latitude . The plane angle change can thus be 
maintained quite small with a small orbit inclina­
tion. 

W. n. Strai/7 has discussed the general problems 
associated with launch timing and has recommended 
a technique which utilizes a small plane angle 
chani;e and the "phasing technique , 11 which is 
essentially a waiting orbit. The technique he 
recommended was thus, in effect, an extension of 
that recommended by Bird15 and Houboltl6 to include 
the use of waiting orbits to avoid the accurate 
launch time restriction. Stralyl? did not place 
any restrictions on the tari;et orbit altitude , 
nor di d he suggest any station- keeping technique 
to control the epoch angle . The orbital inclina­
tion was merely suggested to be only slightly 
greater than the lallllch base altitude. Because 
there was no restriction on the altitude and thus 
the epoch angle, relatively long waiting times in 
orbit could be required. 

The technique of using waiting orbits is by no 
means new. Various aspects of waiting orbits are 
discussed by Swanson}8 Steinhoff,19 Ebricke220, 21 
Keller, 22 Brunk and Flaherty, 23 Paiewonsky, 4 and 
Pierce .25 A number of other papers which deal with 
the problems associated with the ascent phase, 
including discussion of the actual Saturn guidance 
system, are listed as Refs . 26 through 33, and, 
of course , much useful information is inc;uded in 
the three Flight Performance Manuals .4, 5, 

Recommended Ascent Traj ectory and Target 
Satellite Orbit 

The logistics requirements associated with a large 
manned space station or an orbiting launch Colllplex 
are sufficiently great so as to demand a great 
deal of care in the selection of the optimum orbit 
and the selection of the best nominal ascent tra­
j ectory, This sel ection should take due account, 
not only of the optimum conditions, but also of 
the various possible errors or tolerances associ­
ated with the logistics operations. While there 
a.re many who believe that launch timing problems 
can be made non-existent in the 1970 time period , 
it appear s desirable to select the target satel­
lite orbit so that not only can efficient launches 
be obtained for on- time launch operations, but 
also the penalt ies associat ed with lai.mch delays 
a r e minimized . 

The reconunended orbit is the lowest possible in­
clination "rendezvous-compatible-orbit. " The 
basic concept of rendezvous-compatible-orbits is 
bel ieved to be very sound for multi- rendezvous 
operations . In a negative sense it simply appear s 
to be very foolish from a logistics viewpoint not 
to establish and maintain the target satellite in 
an orbit which optimizes the logistics system, 
since even, at best., maintaining space stations 
and orbiting launch comple:xas are very expensive . 
The selection of the specific rendezvous- compatib~ 
orbit out of the multitude that are available 
depends on many criteria. A synchronous ratio 
15:1 orbit with an altitude of about 260 nautical 
miles is selected as a best compromise . The 



alternates for t wo- per-day r endezvous are a syn­
chronous ratio of 14:1 r endezvous-compatible­
orbit with an altitude of over 440 nautical miles 
which is in the lower part of the Van Allen radi­
ation belt, and an altitude of 98 nautical- mil es­
orbit associated with a synchronous ratio of 16:1 , 
The lower a l titude , while ideal for a short dura­
tion parkinb orbit, is too low for a permanent 
manned space station. The cost in characteristic 
velocity to naintain a space station at this l ow 
altitude on a continuous basis is prohibitive , 
Intermediate altitudes can be obtained by using 
synchronous ratios allowinb two rendezvous every 
two or three days , These l o\Jer intermediate alti­
tudes (150, 175, and 205 nautical miles) have only 
slight payload advantages for launch vehicles wh:ich 
are properly staged to utilize the 98 nautical­
mile parking orbit and general ascent trajectory 
recommended herein, and would require much longer 
times in the waiting orbit for both optimum and 
non-optimum days . The intermediate orbits would 
have the same general payload penal ties associated 
with launch delays for launches scheduled for the 
optir.nnn days , but the possible penalties on the 
other days would be much larger, The payload 
advantage of the intermediate altitudes is, how­
ever, quite pronounced for current two- stage 
launch vehicles. The intermediate altitude tra­
jectories may thus have real advantages for the 
current experimental program, Project Gemini . 

tlote that if a Hohmann transfer is used from tile 
parking orbit and the mission is an orbital- launch 
refueline operation, then part of the additional 
characteristics velocity required by the 260 
nautical miles orbit o,er that of, say, the 175 
nautical mil es or bit is regained due to the small 
escape velocity required from the higher altitude , 

The net penalty for this example is about 100 
feet/second of characteristic velocity (for the 
orbital launch vehicle) , For permanent orbital 
launch facilities this is more than compensated 
for by the fact that about eight times more 
characteristic velocity (about 250 feet/seq/year 
for the whole facility if it weighs 100 pounds/ 
square foot frontal area) is required to maintain 
the lower orbit against air drag than to maintain 
the 260 nautical mile ~rbit. 

The selection of the orbital inclination depends 
on the specific mission of the space station but, 
in general, one may expect that any orbital 
inclination froi1 28. 5 degrees to 35 deez-ees will 
meet most of the purposes of the space station. 
The selection of an inclination of 29. 2 dee;rees 
for vehicles lawc hed from the Atlantic rn.ssile 
Range (\Tith an nssumed latitude of 23, 5°) gives 
an offset anGl-o (i.e ., a difference between the 
orbital inclination and launch base latitude) of 
about two-thirds of a decree . This inclination 
of 29.2 de[I'ees allows zero plane ancle chani;e 
rendezvous for two successive satellite passes . 
The use of parkinc orbits and a two-thirds degree 
plane ani;J.e chance capability (which can be par­
tiall:r accomplished by the r.1ore efficient boost­
turn trajectory during the first and second launch 
stages) allows a rendezvous to be accomplished at 
any tine within a period of two hours and twenty 
ninutes. It is believed that this time period is 
more than adequate fo1• launch del.'.J.ys to be en­
countered in the next few :,•ears, and certainly 
more than adequate in the 1970 time period , The 
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relatively small payload penalties associated with 
the t wo-thirds-of-a-degree plane angle change are 
expected to be more than compensated for by the 
increase in payload capability ob.tained by utiliz­
ing a low-altitude (98 nautica l miles) parking 
orbit. 

Althouch this scheme allows a launch window of 
about two hours and twenty minutes, there are 
clear ly some times for which it is more optimum 
to launch than others , The specific r endezvous­
compatible points ar e obviousl y the desired times 
for l aunching. It is believed desirable to par­
tially close this 2 . 3-hour window, The e:xact 
readjustment would r equire a detailed study of 
the possible sources of launch delay and of the 
propellant boil-off cost associated with the 
specific launch vehicle . (A possible compromise 
closing of the l aunch window is suggested below , ) 

I t is desirable to examine in somewhat mor e detail 
the specific recolllll!ended or bit and the trajec tor y 
to be followed as a function of the launch delay 
time , The target orbit inclination is 29. 2 de­
(;I'ees, and the nodes of the tari;et orbit are so 
oriented that the injection point for a launch 
from Cape Canaveral lies exactly in the plane of 
the orbit in two successive passes over the launch 
base , Since the launch vehicle and space ferr y are 
desic;ned with enough margin to allow a minor boost­
turn and orbit plane angle change capability (about 
0,67 de(;I'ees) , the launch can actually be scheduled 
23 mi nutes (about one- fourth or bital period) prior 
tc the ideal rendezvous-compatible l aunch time , 
If the epoch angle is made compatible with this 
early launch period, when the launch ac tually 
occurs at 23 minutes prior to the condition of 
zero plane angle change , the time the vehicle is 
required to remain in the 98-nautical- mile waitinc 
orbit will be only that time required to separate 
from the second stage and acquire the target satel­
lite on the radar and compute the desired mid­
course trajectory, and start a near- Hohmann trans­
fer to the target satellite . If the launch delay 
is 23 minutes later then no plane angle chance 
will be required, but the space fer r;1 must remain 
in the waitinc orbit for four- parking-orbit 
revolutions prior to injecting into the Hohmann 
transfer . Additional launch time delays will re­
quire plane angle corrections and additional time 
in the waiting orbit until a maximum of 94 minute 1: 

of launch delay results in 16 waiting orbit 
periods (or one effective earth ' s rotation) . For 
launch delays of 94 minutes , it is no l oni:;er neces­
sary to wait in the parld.ng orbit but, rather , 
conditions are once again compatible for a zero 
tin:e in the parld..nc orbit. The time in the wait­
ing orbit a.gain increases continuously as addi­
tional launch del.ay occurs , but for the next 23 
minutes the orbit plane ani;le chance requirement 
decreases to zero , For law.ch delays greater than 
117 minutes, the plane ant;le chance r equired in­
creases nearly linear ly to the r.iaxi.r.n.ua of two­
thirds of a degree at 23 minutes after the zero­
plane-ancle r equirer.tent and a total time in the 
waiting orbit of 140 minutes (or 2 hours and 20 
minutes) . Between the times of about 47 minutes 
after the first opportunity for a launch until 94 
minutes from the first opportunitr is the most 
unfavorable launch time . J;early the full two­
thirds--degreo plane angle change is required alonr 
with a time in the waitini; orbit in excess of one-­
half da,•. It would i;enerally appear desirable to 



postpone launch during this time, if possible, and 
reschedule launch for 94 minutes after the original 
schedule. If this is done , a total launch time 
of 94 minutes, nearly equally spaced around the 
two efficient (zero plane angle change) rendez­
vous is obtain.ed. (It appears completely un­
r easonabl e to eA-pect to perform launch operations 
of manned rend'.e zvousing systems with launch ve­
hicles which a.re sufficiently unreliable that a 
total tolerance launch time of about an hour-and­
a- half- per-d.ay is unsatisfactory. ) In this case , 
the r.iaximum time in a waiting orbit is one- half 
day or eight waiting orbital periods. This is 
considered quite satisfactory, since in the ad­
vanced t~ae period considered and the complex 
operat ions involved in space, if there is any 
appreciable decrease in the reliability of this 
system associated with one- haU day spent in a 
waiting or bit, then the whole logistic syste1n is 
too rnarcinal to be cons idered. 

One can characterize the recorronended target satel­
l ite orbit as ,9. station- kept,14 "rendezvous­
compatible-crbit" which utilizes an ascent tra­
jectory contai1ning most of the best features of 
the one- rendez-vous-a-d.ay scheme of Jolm Dirdl5 
and John lloubolt,16 and of tho phasing technique 
described most recently by W, H. Stral yl7 for 
those launch operations which involve possible 
launch delays . The tar.,.at satellite or bit and 
recommended aseent trajectory allow efficient on­
time launches but are also extremely tolerant of 
launch delays , and these delays can be as [?'eat 
as two hours and twenty minutes iii tbout exceeding 
a penalty of mor e than about 250 per second of 
characteristic vel ocity. The propel lants associ­
ated with this characteristic velocity will be 
accumulated in orbit, for other uses , if the 
launch is on t:i.me , 

The trajectory has been selected to incl ude a 
parking orbit in order to account for launch de­
l ays , It is desirable to stace the lnunch ve­
hicles so as to full/ utilize the characteristics 
of the !)8rkin1c: orbit so that the ma::dr.1um payload 
may be carried to the 1:ianned space station or 
orbiting launch complex, The use of three- star;e 
vehicles (where, the space ferr y is considered to 
be the third st.at;e) see11s to be :.iost Jesirablc for 
such space loci.sties operations . The first two 
staces ar e reqULired to boost the space ferry to 
c.i1 apogee of 'Jc}; nautical :riles , the parking orbit 
altitude . The flicht path should be so arr anced 
that the first two staces burn all their pro­
pellants, the flicht- path angle beini:; so controlJe:i 
that the apocee is equal to 98 nautical uiles , 
The velocity jecrement at that altitude required 
to inject in a circular or bit will be provided 
by the space ferry. The anount of this decre­
ment will, of course, depend on the specific 
c haracteristics of the first two stages . Such a 
procedure is allowable, since tl:e vehicle is 
£Qin& into a par.king orbit and ey4-,,ct ti. ,in.; 
during t he oper,9.tion of the first t.110 sta[es is 
not r equir ed . The relative position of t:,c space 
stati on and of the space fcrr:r b the parkin6 
orbi t must be s1J arranced th:i.t under tbe worst 
tolerance conditions ~ssociated with the first 
two staces that adequat e tirae is still available 
for a near- :iohl.1ann transfer between the parking 
orbit and the space station rendezvous--coraootible 
altitude orbi t when the launch was on- tir.ie: 
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By means of such staging it is possible to have all 
of the propulsion margin placed in the space ferry 
and, thus, propellants will be accumula.ted in 
orbit for other uses such as station- keeping, 
attitude control, refueling of astrotu@~ and re­
fueling of l i.mar Jai.mched vehicles, etc . The 
other distinct advantage of t his type of staging 
is that we do not require a two-stage lamch ve­
hicle to injec t directly into a high 260-nauti cal­
rnile orbit, since the degradation of the perform­
ance of a two- stage vehicle with orbital altitude 
is notorious , Because the space ferry must have 
propulsion capability in order to perform the r en­
dezvous, it is highly desirable to utilize it in 
other ways to make sure the maximum payload is 
carried to t he space station or orbiting complex. 

It generally a ppears to be undesirable to utilize 
parking orbits which are above t he rend,ezvous­
compatible-orbit . First, because they :require 
more characteristic velocity and, second, because 
under the conditions which we would nor1rnally like 
to utilize a high-altitude parking orbi't, a plane 
angle change is also required to furtbe:r increase 
the c haracteristic velocity penalty . Tihe addi­
tional time which must be spent in a lw-altitude 
waiting orbit seems preferable to the Large in­
crease in characteristic velocity assoc:!.ated with 
the high-altitude parking orbit - at li~ast for 
routine logistics applications. 

It should be noted that there is a difference in ihe 
precessional rate of the orbit plane of the space 
ferry in the 98- nautioal- mile waiting orbit and 
the target satellite or bital plane in the 260-
nautical- mile rendezvous-compatible-orb:l t of about 
one degree per day. This difference in the pre­
cession of the or bit planes must be accciunted. for 
in such a way that the launch azimuth into the 
waiting orbit will allo,1 a near- Hohmann transfer 
without any r equired orbit plane angle c:hange 
when the transfer from the waiting orbit to the 
final target orbit is accomplished , With a low­
inclination orbit, such as the recommended 29. 2 
de&rees-, rather minor changes in the lai:inoh 
vehicle flight path result in an azimuth angle 
at injection which produces a very large change 
in the nodal angle and, thus, there are sub­
stantially no penalties associated with allowing 
for differential pr ecession angles as mu1ch as one 
degree , 

!{ID-COURSE GUID.AtlCE PHASE 

Reouir ements for !'.id-Course Guidance 

In the discussion of the friendly rendezvous for 
the purpose of supplying a manned space station 
or or bital launch facility, it was shown that 
parking orbits are required to cope with moderate 
to large mcertainties in t he timing of launch 
operations , Even if parking orbits are 1not used, 
it is generally most efficient to stage the lamch 
vehicles such that the space ferry is in,jected into 
a near - Hohmann transfer from a low altit,Llde of 
from 60 to 100 nautical miles . In eithe:r case , 
with a coasting trajectory of nearly 180 degrees 
and with an altitude difference of over 160 naut i ­
cal miles, it is very desir able to utilhe long­
range mid- course corrections i n order to minimize 
the requirements on the final terminal- homing 
phase and, in gener al, to accomplish a rendezvous 
with the maximum efficiency and safety. In fact, 



it would be dei:tirable to leave the parking orbit 
for the 26~nautical-mile rendezvous-compatible­
or bi t only afte,r the radar guidance has acquired 
and locked on the target satellite if the radar is 
in the space ferry. (For routine operations it is 
expected that radars will actually be available in 
both vehicles for improved reliability. ) This 
requires a total radar range of about 450 nautical 
miles, a range which is not available with current 
radars but which does not require large increases 
in the state--<i:f- the-art for the cooperative ren­
dezvous situat:lon in which the target carries a 
beacon. If th•~ target satellite orbit is well­
known and the ascent guidance fairly accurate, 
the initiation of the near- Hohmann transfer could 
aoost be based only on range infonnation without 
regar d to ran~e rate or angle rate information, 
provided tbe mid-course corrections were within 
about 10 minutes . This would give more than 
adequate time for radar data smoothing. 

Once on the transfer orbit, it is desirable to 
have a form of m1d-<:ourse guidance logic , which 
would require no corrections at all if the data 
wer e per fect and the satellite was on a collision 
course with the target. Unfortunately, as some 
detailed computer studies by the authors and by 
Eggleston34, J5 have sho':ffi, the popular linearized 
guidance formtu.a2 , 3, 34- J do not work too well 
for orbits whi.ch are as far below the target orbit 
as these will be . Here it would seem that some 
improvement in guidance technique is required, and 
a proposed procedure for solving this problem will 
be discussed below, as well as in Appendix B. 
When the rang1:1 between the interceptor and the 
target decreases the closed loop logic using 
linearized eguations (similar to that described 
by Eggleston:M) proves quite adequate . 

Summary of Pa:3t Studi es 

Equations o:f I-lotion and Coordinate Systems . It 
is very desirable to have available and to use 
approximate equations of motion when studying the 
rendezvous pr,obl em; first, because a clearer 
under standing of the physical situation is then 
possible; and , second, because the actual compu­
tations required for the rendezvous must be per­
formed with a space- borne computer . If approxi­
rete equations can be used the computer can be 
:nade simpler and of lighter weight. It is1 of 
course, necessary to know the range of validity 
of the approximate equations. If the approximate 
equations are not valid over the range for which 
they must be applied, then methods of solving the 
more exact equations must be developed . "E:xact­
numerical" sc,lutions of the exact equations are 
presented in Appendices A and B. 

The first approximation to the equations of motion 
(and their solution) to be discussed is the "free­
space" approicimation. The assumption is made 
that the two vehicles are sufficiently close to­
gether so thnt the effects of the earth ' s gravi­
tational attraction are almost the same on both 
vehicles and , therefore , \le can assume that the 
net effect o:f the gravitational attraction terns 
is negligibl,a and the equations of motion in in­
ertial free space apply. Such an assumption, it 
is clear, will only apply \Jhen the two vehicles 
are rather close together and , furthermore , when 
the time interval for the completion of the ll'.an­
euver is relatively !ihort. lf the t:i1:1e is long, 
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even when they are close tor;ether, the effects of 
gravitational forces \Jill result in sigrdficant 
modifications of the motion ; and if the bodies a r e 
far apart then the gravitational differemces may 
produce significant forces . These two c:riteria 
have different implications . The fact that the 
bodies are close together merely define:1 that it 
is the very terminal phase of the motion for \Jhich 
this approximation can apply-, but the foct that thE, 
time must be short implies that rather :Large thrust 
forces are utilized to make the rendezv<>us, so 
that these forces will be large relativ13 to the 
differential effects of gravity. This very well 
may have the connotation of inefficienc;f, since 
the eravitational forces are negligible in a per­
centage sense only I and if the thrust f ,:irces are 
very large it may require a tremendous ,quantity 
of propellant to perform the maneuver. 

One exception to this rule is \Jhen the closing 
velocity is large because it is obtained from 
previously required impulses and/or because the 
motion of the intercepting satellite is at a much 
lower velocity than that of the target satellite, 
so that tho target satellite is catching up with 
the interceptin(! satellite . Under these conditions 
a large force is not required to initiate the 
motion, but only to stop it, and there are no 
great inefficiencies associated with th.is type of 
use of the free- space equation concept . Thus, the 
free- space approx:iJ:lation to the equatic,ns is most 
useful for the homing guidance equation,s . 

The fr~e space concept was discussed by J.:r . R. A. 
Hord, )';/ and H. Oberth. 40 The errors involved in 
using the free space concept are best discussed 
by evaluating the differential gravita1,ional 
effects (which are also termed "tidal i1ccelera­
tions11) . 

If the first-order effects of the earth' s gravi­
tational potential are included in the equations 
of motion the range of validity of the equations 
is greatly extended . This was first shown inde­
pendentl}• by tlvee different groups: Albert 
Wheelon, 36 Clohessy and Wiltshire 1 37 a1nd Louis 
Spradlin. JS All of these three studie.s used the 
rectangular rotating coordinate system. The 
rectangular rotating coordinate system is less 
accurate in general than the shell- coordinate 
system developed by Swanson, Petersen, and Hoover, 2 
and by Soule . J Independent studies showing the 
advantages of the shell-coordinate system "ere 
conducted by Eggleston and Beck41 and Stapleford. 42 
The fact that the shell- coordinate system is ap­
preciably better for rendezvous studies than is 
the rectangular coordinate system can be seen 
most easily for those cases where the x coordinate 
is large , where the x direction is along the flight 
path. If tvo bodies are in precisely the same 
orbit, they will have the same al ti tuc:le in the 
shell-coordinate system (see Fig. 2) , but will 
have a different altitude in the rec umgular 
system depending on the value of x . The time 
int.erval of the r,otion is no longer of quite such 
importance as in the free- space case , but the 
relBtive disolacements between tho two bodies are 
important , since the first--<>rder o-avitational 
effect type of an approximation is dii~ectly as­
sociated with the geomotrical relBtions between 
the two satellites and the earth. furthernore 1 

greater efficiency is obtained since the "natural" 
gravitational forces can be used to advantage . 



Impulsive Techniques. The two- impulse rendez­
vous guidance technique has been developed by 
Clohessy and Wilts hire, J? Soule, 3 and Eggleston. '.34 
While the two- impulse technique is by no means 
optimum, its simplicity makes it very attractive . 
The first impulse is given shortly after booster 
burn-out, and the second is usually replaced by 
a terminal- homing phase . When the characteristic 
velocity required for rendezvous is small, then 
the use of a simple non-optimum scheme such as the 
two-impulse technique is much to be recommended , 
The technique is also very useful as a secondary 
correction procedure ,2 Useful design curves are 
given in the Flight Performance Handbook, 6 

A three- impulse technigue suggested by Irving, and 
discussed by Wheelon , 36 consists of a tangential 
velocity increment just suffi~ient to neutralize 
any steady drift, later followed by two radial 
velocity increments ; the first, when the vehicle 
crosses the same radial altitude as the target 
vehicle; and the second , just before impact with 
the target vehicl e . This scheme is more expen­
sive in final requirements than the two- impulse 
scheme. 

A four- or five- impulse technique , called 11Quasi­
Optimal Rendezvous Guidance System') or 1Q)RGS, 11 

was developed2 - which gives a near-optimum ren­
dezvous in that the :inpulses are &i, ven tangen­
tially so that the minimum characteristic velocity 
is required to achieve rendezvous within exactly 
one orbital period. The four- impulse method re­
quires less characteristic velocity than the five­
impulse method; however, the five- impulse method 
is considered more optimum when the guidance 
sensor accuracy requirements are considered, as 
well as the characteristic velocity requirements , 

Guidahce Simulation Studies . The only orbital 
rendezvous mid- course c:;uidance problem which has 
been simulated on digital computer is that of 
Eggleston,34 This study clearly shows some of 
the shortcomings of the rectangular coordinate 
system and linearized equations of motion for 
lon~- rance mid- course (:Uidance , EGgleston also 
studied the effects of dead- band and of radar 
inaccuracies (a study similar to that of Eggle­
ston34 but usine the [Uidance law suegested in 
ApPendix I: is ver:l desirable) , 

Other reports which discuss the ~c- course c:uid­
ance problem are o.ven in the biblio£7"aphy ,43-55 

Crite1·ia for "Dest" ]:id-Course Guidance , 

The 11best11 mid-course ¢dance to use is haz·dly a 
subject that lencls itself to docmatic statements , 
The oultiplicity of factors enterinG into the 
decision r..akes it difficult to say anything im­
portant unless specific information on the space 
system in question is available . 

Anticipating the· major craracteristics of future 
space systems will, however , brinG out some facts . 
In the friendly, logistic rendezvous enphasized 
in this paper , future rendezvous vehicles will 
become considerably r~ore 1:iassive, while computer 
capability per unit of cor.:puter 1:uss will increase 
so that the cost of :iJ;1provin[; the quality of 
Qlidnnce information by means of additional con­
puting (smoothint plus exact equations of motions ) 
will be a ~uch smaller fraction of total vehicle 
nass than is now required while the potential 
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savings will be greater , Furthermore , large digi­
tal computers can be boosted into orbit during 
the initial assembly of the space station and can 
be used for subsequent rendezvous operations (with 
a radio communications link) . Again, the in­
creased efficiency of rendezvous operations more 
than offsets the larger computer installation , 
It is apparent, then, that as sensors are im­
proved more accurate guidance equations than have 
been suggested previously will be required to 
bring desirable over-all improvements in the 
system. 

In homing systems similar to those proposed for 
the Air Force Satellite Interceptor System, the 
guidance formulas are derived on the assumption 
of free space (no force- field gradient). The 
rendezvous guidance systems typified by the 
Clohessy and Wiltshire paper'.37 and by Swanson , 
Petersen and Hoover2 de1·ive guidance formula on 
the basis of linearized force- field gradients . 
In each of these types of guidance formulas the 
accuracy deteriorates with increasing range, but 
with closed- loop, guided trajectories these guid­
ance laws will, of course, actually produce a 
rendezvous even whan applied far beyond the limits 
that make the guidance formulas II good assumptions . 11 

The question to be answered in the choice of a mid­
course guidance scheme is whether the waste of 
thrust is compensated by the simplicity of the 
guidance system, And tbe answer clearly depends 
on the operational time period in question. 

Appendix: B gives a basis for a guidance scheme 
which is one step more advanced than the two basic 
types referred to previously. This system gives Ill 

"exact" solution under the assumption of a central 
force field and, therefore , brings about another 
improvement in accuracy. Still more accuracy would 
require the consideration of very minute forces 
acting on the satellite - such as aerodynamic 
forces , those due to oblateness, and so on, Since 
these forces are very small and not too greatly 
different f rom each other in order of magnitude, 
a great number of them would have to be considered 
in order to bring about a unified treatment. The 
accuracy to be gained by these additional consid­
erations is very small. Some of the effects of 
oblateness and the slight'eccentricity of the 
orbit may be taken into accoi.mt by the use of a 
r eference orbit. The requirement in the selection 
of such a reference orbit is that the position of 
the reference point in the reference orbit will 
coincide with that of the target at the time of 
rendezvous . 

The method proposed requires a successive approxi­
mation to be computed until a satisfactory numeri­
cal convergence is obtained, Once started, this 
method requires no evaluation of trigonometric 
f1mctions so that the increase in required compu­
tational labor just for the operations of Appendix 
B is less than an order of magnitude when com­
pared with previous methods. When looked at in 
the light of all the computation required (i.e. , 
data smoothing, data conversion, etc , ), the actual 
over-all increase in computer complexity is ex­
pected to be relatively minor, 

In general, the factors that affect the choice of 
the mathematical model to use for the guidance 
system are : 



1 . The quality of the sensed information. 
2 . The range over which the system must 

operate. 

An increase in either of these two tends to pro­
mote the selection of a more accurate guidance 
formula , and vice versa; there is little point 
in trying to make improvements beyond a certain 
limit in sensor accuracy for a short-range system. 
In this case the crudest of models, force- free 
space , is adequate . 

Proposed "E:xact-!!umerical'' ~'.ethods for !:id-Course 
Guidance Using the "Shell-Coordinate System" 

Efforts to obtain a more accurate model of the 
relative motion in a rendezvous maneuver than that 
of the linear gravity cradient, culminated in the 
analysis given in Appendix A. The fact that the 
use of shell coord:iJiates allows one to obtain two 
exact first inteo-als of the equations of motion 
is a strong point in its favor , but the more im­
portant consequence is that the "e:xact" equations 
of motion can be written in such a manner as to 
only have functional dependence on ~ (the alti­
tude coordinate) of the dependent variables (the 
word, "e:xact, 11 in this case iiaplies the solution 
of the equations of motion for a central- force 
field and neglects the small perturbations due to 
earth ' s oblateness, atmospheric density, solar, 
lunar and planetary perturbations, etc . While 
some of these effects are of importance - when 
one is in a waiting orbit, for example - they 
are quite negligible during the mid-course guid­
ance phase . In fact, the magnitude of these 
quantities can be used to estimate a limit on trs 
required accuracy of the numerical calculations 
as performed in ApPendices A and B. It is the 
fact that the equations have a functional de­
pendence only on the altitude coordinate which 
allows the rapid numerical solution of the exact 
rel ative velocity required to produce a collision 
with the target in a specified time as is done in 
Appendix B. In addition, an improved version of 
the linearized equation has been derived by the 
rather obvious device of discarding (i. e ., includ­
ing in the non- linear part of the equations for 
numerical integration) only second-order small 
variable quantities . The resulting new linear 
equations are more accurate , in general , althou13h 
a few specific instances h.ave been found when they 
have made no ir.iprovement. These new linear equa­
tions, however, are not as easy to use as the 
previous ones for guidance purposes . The reason 
for this is that tl;ey contain the initial condi­
tions in the coefficients in a complicated lllB.n­
ner. The use of these equations for guidance 
would require a numerical iterative solution. 
The details of this are not given , however , since 
it is felt that if numerical integrations are to 
be used the non- linear terms should also be in­
cluded (as in Appendix B) to give an exact solu­
tion to the rendezvous problem. 

The work in Appendix A led to the application of 
the nmierical method of successive approxilnation 
to the solution of the equations with rendezvous 
in a fixed time as a boundary condition. The 
formulation in Appendix A which makes the deriva­
tives functions of only one dependent variable, 
makes the application of tP.is method straight­
forward. This method takes an appro:r.:imate curve 
which e:xactly fits the boundary conditions and 
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refines it in a series of steps (see Appendix D) . 

The proposed procedure, then , is to start the near­
Hohmann transfer maneuver from the parking orbit 
at the optimum time which is indicated by the 
orbit altitude difference and the epoch angle be­
tween the target and the interceptor. Once th.is 
optimum position is arrived at, the time to ren­
dezvous of al~ost 180 degrees of target travel is 
selected and the exact imnulse reouired to es­
tablish a collision course is computed by the 
method given in Appendix B. This impulse is 
given to the interceptor and then at periodic 
intervals alonb its ascent to the target, its 
relative velocity is measured and compared with 
the correct relative velocity as computed from 
the time to go and the exact methods i;iven in 
Appendix B. As the r endezvous vehicle gets closer 
to the tart:et the method of Appendix B degenerates 
to the more common linearized equations. From 
this point on into the final homing phase the mid­
course guidance is achieved by conventional 
methods (discussed in detail by SouJ.eJ and 
Eggleston34) . 

TE!ll:11'.AL - HOl:IllG PHASE 

There have been more analytic studies and ::iore s.i.Iru­
lator work done on the manned and unmanned terl:li­
nal- homing phase of rendezvous Q}.igance than on 
any other aspect of rendezvous , 5b-ti0 Although 
the various papers differ in specific details of 
the method of mechanization of the closed- loop 
terminal- homing guidance problem, they universally 
agree that fairly efficient homing guidance schemes 
can be develooed . It is desirable that the mid­
course guidan~e be so designed to bias the initial 
conditions for the terminal phase, that closing 
velocities are already established and the primary 
purpose of the terminal- hol'li.ni:; system is then to 
decrease to zero these already established closing 
velocities . 

The differences between the various proposed termi­
nal guidance schemes depend upon the basic assump­
tions made as to the availability, accuracy and 
reliability of various types of equipment and the 
proposed schemes to minimize the errors . Schemes 
which require a throttleable propulsion system 
have been suec;ested in ~ number of papers b:,, 
Sears and Felleman, 56-58 while schemes that in­
volve constant thrust but require restartable 
eng!ne s have been proposed by several authors. 66, 
67, 73 Another variation of the basic propulsion 
system which has been suc::;ested by J;idct72 ancl 
Soule70 is to uso a constant thrust eni;ine on 
throughout the homing phase and achieve guidance 
by controlling the direction of the engine thrust. 

The various proposed homing guidance schemes r.i.ay 
also be specified by consideration of the methods 
they suggest for computation, i. e . , whether analof 
or digital, and the particular coordinate ay.is 
system they sugcest using durin[ the terminal­
homing phase . Stapleford73 has sum;ested an 
equipment mechanization scheme designed for mini­
mum complexity . Such a scheme is believed to be 
very useful for unme.nned rendezvous, but for the 
type of operations which is envisioned herein, for 
an advanced time period, and where both ascent 
guidance and mid-course guidance as well as other 
~perations are to be performed with rather hith 
capacit:r digital computers, it is doubtful that 



such a scheme need be used. 

The capability of 1:1an to conduct t.he te~nal 
phases of rendezvous has been studied. 7 4 How­
ever, it is not clear that there is an:y advantage 
to his participation in the teminal phase of ren­
dezvous as a re.rt of the closed looo. There is 
obviously a great need to have him abo,9.rd the 
vehicle to increase the over-all reliability by 
performing monitorint: and JM.intenance .functions . 
Obviously, he can onl:r sat:i,sfacto!'ily :oerform 
!llaintcnance functions if adequate prop'lllsion 
capability is available for him to interrupt the 
rc:>ndezvous sequence for several orbits while re­
pairinr; the equip1:1ent and again make a satisfac­
tory aP))roach and rendezvous . The ;,rolJleo of how 
to hest utilize man in space has been extensively 
discussed to t!ate and clearl:l' requires still fur­
ther t!':ou,~ht and experimentation before satisfac­
tor:i· answers can be obtained . 

DOCK]:G PI:ASE 

The docking phase bei;ins either when the inter­
ceptor satellite is uoved as close to the tar{;et 
satellite as is practical with the terminal-
homn6 £Uidance and the moderate to larce maneuveI'­
in~: rocl:ets, or wr.en the docking guidance and con­
trol s:,-stcm can adequately take over (Elven though 
the terminal phase homine system may still be per­
for1aing well) . The distance between the two ve­
hicles will have been reduced to only hundreds of 
meters at the start of this phase. Th€! doold.ng 
phase has been discussed for both manned85 and 
unrnanned~6 systems . 

The docldng phase may require the space, ferrJ· to 
approach the target satellite from a pa.rticular 
azimuth and elevation for some operatic,ns . Addi­
tional sensory inforlilation would then be necessar:1, 
and would probably be obtained from measurements 
r.iade from the tar03t satellite and tran sr,tl tted to 
the space ferry . Vernier thrustinc wou~d be re­
quired to utilize this added information . 

The dock:i.ni;; maneuver is less complicated tr.an the 
terminal maneuver from the standpoint of the 
equations of notion used to r,ruide the docldnr pro­
cedure . The equations can be , if desired, reduced 
to their free- space forms with negligible loss of 
accuracy due to the relatively small distances 
involved. 

In some other respects the dockini;; phase is rather 
difficult. The interceptor satellite must usually 
be able to approach the tarcet satellite at a civEIJ 
azir.1uth and elevation. The selection of the best 
sensory and f;Uidance equipment to handle t his re­
quirement is a pr oblem that depends on the speci­
fic space station configuration, etc . In addi­
tion, the design of an effective docking system 
inust be done concurrently with that of the sen­
sory and coupline mechanism system because of 
their interdependence . 

COUPLTII G PHASE 

The teruination of tl:e dockinc phase and the 
start of tho couplinc phase becins with the 
initial contact between the two rendezvousini; 
vehicles . At this instant the interceptor 
satellite no loneer actuates its maneuverine and 
attitude control rockets so tlJat the two control 
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systems will not oppose each other. J:ote that 
any maneuvering rockets whose jets are pointed at 
the target satellite must have been shut off a 
short distance before contact was r,iade , As the 
two vehicles meet thesoupling rnechru1isrns of each 
will meet and eneace . u0 The proper parts are 
aligned and then locked. All uru1ecessary angular 
and linear moti~n perturbations present af'ter 
coupline is completed are removed, and the phase 
is conplete . 

A different guidance scheme for the couplinr; phase 
r.iust be worked out for each coupling sche11e that 
is su&cested. A proper error analysis should 
show the -probabili t:; of success of each . Those 
scher.1es which seer.1 to h(lve tr,e higLest probability 
of success should then be laboratory- teste,:i. The 
best sche::ie is determined on t he basis of test 
success . Upon contact the latchin[ wust be posi­
tive and solid to prevent t he space ferry from 
s.baldnG loose and beco111in,; separated. 

EQUIIUliT J:l!X:HAJ:IZATIO!i STUDIES 

Stapleford and Jex53 tll.lde a comprehensive study of 
the requirements which are placed on the flight 
control system during tbe terminal phase of orbital 
rendezvous . The report not only specifies some 
of the requirenents but presents a preliminary 
analysis of several possible methods of achieving 
satisfactory flight control systems, using both 
nanual and automatic systems.-

As a part of an over-all study of orbital launch 
operations being conducted b71 Chance Vought under 
contract to the J:arshall Space F1.it;ht Center of 
1:ASA, a rather complete study not only of the 
theoretical aspects of rendezvous but also ttuny 
of the raechanization proble11s associated with the 
attitude control system and the instrumentation 
sensors , was conducted by the fu~rtheon Company.JO 

Considerable inform:i.tion on the (;Uidance sensors 
is ure sented in the STI., Flicht Perforeance P.and­
book; along with methods of processing the signals 
to s□ooth out the noise. 

Propulsion system restar~ problems are discussed 
by Radcliff and Transue . 0 7 

Eirnon AJ!ALYSES 

.Analyses of the erro1·s oode in each of the major 
guidance phases are among the most inportant parts 
of any rendezvous program. In fact, before any 
proposed over-all rendezvous guidance scheme 
(ascent r:iid-course, terminal~ coupling and 
docki.nc~ and the correspondinb specific equipment 
proposed can be seriously considered for adoption, 
a careful error analrsis of all aspects of the 
system r.rust be r.iade . 5,67 ,SS, S9 

Error associated with inaccurate thrust mai;:riitude , 
duration of thrust, 11easureraent, computation, etc ., 
is the first type to be analyzed . These errors 
fall broadly under the classification of "mechani­
cal errors ." Errors of this type 1nust, first, be 
examined upon an accurate physical model under 
simulated conditions. Even thouch most of the 
errors of this type produce only small results on 
an individual basis, they often combine to create 
larr,e over-ull errors . If accurate analysis is 
desired, it will bo found necessary to make use 
of dii;ital cor~putation. 



The second type error enco,mtered is that asso­
ciated with the guidance law , Even with the most 
perfect equipment , the thrust computed under the 
guidance law and the thrust actually required for 
the space ferry rockets will not be identical , 
This is especially true when simplified eiquations 
of motion are used to der ive the guidance law, 
This type of error has greater effect dudng the 
mid-course maneuver uhase than it does il'i the ter­
minal and docking ph~ses , where the simplified 
equations more nearly approximate actual operat­
ing conditions. 

The performance for such error analysis often lead; 
directly to improved systems. For example , the 
scheme proposed herein for an 11exact-numcirical" 
guidance law resulted directly from e.n error 
analysis of linearized guidance laws which pointed 
up the need for an improvement and furtheir showed 
that numerical processing of computed errors 
could lead directly to a near~xact mid- course­
gu.idance law. 

CONCLUDING Rn1ARKS 

The first 90 publications listed in the references 
and bibliography deal primarily with the ascent 
and the mid-course guidance phase , the torminal­
homing phase , the docking phase , the coupling 
phase, equipment mechanization problems und error 
anal yses, About 70 additional items are in the 
references and bibliography on related subjects, 
such as orbital transfers in space , the offects 
of the oblateness of the earth on the orbital 
motion , and system studies of space complexes . 

In addition to a summary of the general Bta tus of 
rendezvous guidance technology, the spec:Lfic con­
tributions of this report are: 

1. A recommended ascent trajectory and orbit 
for a manned space station or orbiting lm.mch 
complex, which not only allo\1s efficient on­
time latmches but is tolerant of launch delays 
up to two hours and twenty minutes . The implica­
tions of the use of this ascent trajecto:ry for 
the efficient staging of launch vehicles are 
pointed out~ 

2 . A proposed "e:xact,..numerical" method for 
long- range mid-course guidance using the 11shell­
coordinate system. 11 
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J.PPENLIX As THE "EXACT- 1'"\J.-!Ef\ICAL" SOLUTION 
OP THE RENDEZVOU.., E-.u1,':'IJNS OF . .J>TIO~ 

IN THE "SHELL-COORDllinTE" SYSTE!-: 

The ' exact" equations of motion of a point IDOSS 

in a central for ce field r e lat i ve to a refer ence 
cir cula r or bit a re eJ<tn,ined . The effects of 
ea rth's obleteneas , sir dreg , lunar and 1nlar 
gravit6tione.l pertur~tions, etc . are neglected . 
Since the out-of- plane ~otior. is very weakly 
coupled with the in-plane ~otion , the case of co­
planar motion is singl ed out fo r study end the 
resulting differ ential equations of motion are 
reduced to lines r and nonl ineer p& rte. Th e 
linea r pe r t is solved analytically , while the 
solution to the nonlinear part is of second-
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or der small magnitude !ind is obtained numerically 
ss a pertur bation to the li near equations . 

The lineur equations ere so~ewhet core accurate 
then those used prev1,,usly,2 ,} ,~li~8 tl-.e i r constant 
coeffici ents and ind epend ent var iables differ ing 
by q:.iantities of second or der wl:en cJ:npa r ed ·••it h 
t~e ear lie r ones . Thia method , t r erefo rc, pro­
vioes a v~r1 accurate solution to the equations of 
~otion in that the only err~r s :uede a r e t hose thf;t 
ere commi~t ed in the nume r i cal integr~tion of 
quantiti es of s econd orde r. The integr~tion 
method used pef".Dits this error in sec;nd order end 
all s,n& l ler quantities to i:;e held to one pe r t in 
one hund r ed thousand for typical cases . 

The relative size of the nonlinear oorrection is a 
function of the tim e of flight bnd t~e magnitud e 
of the r e lativ e motions . This appendix stte:upts 
to establish so:ue qualitative idea of the e r r or 
int r oduced by using the linearized equations. 
Numericnl oompar is'lns of t h e exact solution with 
the "old" and the "new• linearized expre:isions 
e r e :nade for several specific cases. 

Introduction 

The equations of motion of point 'IJB.3S in a centr al 
fo r ce field relative to a circular or elliptic re­
ference orbit have oeen derived previously) in the 
ohell - coordinate syst e:u . ll'ith t his deriv1.tion, 
when coplanar mot ion is considered , each equation 
of :notion hes an exact first integr a l (correspon­
ding to t he cJns~rv~tion of enfuler mcmert= and 
the vis-vivts inte1:,rel) . 

The Mquestion• of whet! e r t o use rectangular 
coo rdinetes or sphericBl shell ooordinotes is not 
of direct in?or tance her e, es 1t is only p'lesible 
to use He l!,tter witn this 'llethod . It rlly be 
of inter eet to observe thct compute r stuJies :uade 
ty the authors have satisfied us th~t there is no 
question but wr.,t the shell co~rdinet es a r e , one 
whJle , sur ~ri'>r to r ectangular coordinates for 
rendezvous guidance . These etunies showed that 
the rectangular co'l rdinates were best on>· when 
the initial conditi~ns wer e such t h1t th; tsrget 
wes alnosL di rectly bel ow or sbnve the spnce 
t'erry, It was tnis ree s•m the t pr O'll!'t ed us to 
U9e •S e check ~se fe>r t.lie linea r ~ormula ad ­
van7e ~ :.t-re the "worst• case of m?tion, E Lrge 
alt1tud e discrepancy . .n U,e case of l!,rge epoch 
angle e r r or ~ end relatively long- ti~e r end ezvous 
..abne;uvera, the use of tl: e shell coordi nst.e ,:1ystem 
prod~ced usabl e answers while the r ectangular 
coordin!ite syste~ indicates initial i'llpulses ~hich 
ere c;,uite ridiculous . 

lt has beco.ne. coru~on pre ct ice2 ,} ,, 4- '8 to l inee rize 
lne eJ<act equations end solv e th e resulting lines ~ 
con~tent-coe["icienL, differ ential equations , 
&r:a,yticr1 l; , Tl.e Linee r izetion is perfor..,~d 
unccr the sssum?tion thLt t he ~!stance end ve le>­
citics , when nondimenaiona li~ed by t he refer ence 
orbit radiu~ end velocity respectively , ere 
first - ord&r s~all when co:upsred with unit1 . Tne 
products , squares , and higher powers of ter rua 
like this ere neglected . The bpproxime ti,ra •'.lBde 
re sult in en accurocy that is unknown and which 
de t erior at e with increasirg scal" of the 'DOt !.on . 
The following anelysh will atte~pt to i.n::rove 
on the basic ec;,uetion~ and ,>rovid o a .:ieth~d t'; f 

ci:>:11 put:.r,1; the exact mot1Jn which in turn wil 1 



provid e an er ror an9lysis of the a ppr oxi!lli'.l.te 
soluti:,n . 

In t h i s work the ~~~t general for ~ of the linear 
equations will be so~ght ; t hat is , the ao, t 
general linear, constant-coeffici ent equation 
without rcg&r d t .:> the order of 11agnitude of the 
ter'l!s incl•1ded . The dif'~'erence between the 
soluti:>n of thi9 equation , wh~ch is &nelytical 
in nature , ano the exa ct solution, wi.ich iJ 
implied by the differential equation, is t e rmed 
t he pe rturbetion solution . Tbis perturbation is 
aecond - orcier s:nsll enci h1,s its own cifferentiel 
equation which '.'.!By be s olved by a nu:nerice l 
integrati on pr ocedure. In actus l fact t h e pro­
bl em of determining tte s , lution is prectic~lly 
one of quedratu rea whic~ Jokes the nu~cr icGl 
anelys is inherently '!lore accurate. 

Dif~erentiel Equations for Relativ e 
.,fotion. The situati-:,n t :i be stud ied is shown 
in r"ig , 2 ;, r 1;f e r ence point is 11oving uni-
f:irwly e t a rate 0 in e circula r orbit of 
r&dius Y- As t his is the teriet sate llite 
the r e la t ionship beb:e,: n 6 end r is f ixed 
by , ·{e two- body result fo r e circular or oit 
8 1'"' 3 =- G • The coor dinates of the position 

of the sp&ce f erry wit!: respect to t he refer er.ce 
pJint ('.ll!ly be tne ta rget satellite if the terbet 
sate ll ite is in a perfect circular or bit) er e 

'X. , ere l ength along the reference or ~it , 
end ~ radially out froo t he r eference ,:,r oit. 

To derive the different ial eGuations of ~:ition 
by Lagrange's equations the expression for tr.e 
kinetic and pot ential energy (T and V) er~ set 

~:wit~t(rfl:) J\urt~) d/dt(8-t X/r)J2] 
= (rn /z..) [. i 2.. + ( r+ 't) 1. u~ -t ')( /Y" ) t. J 

V = - e:i m/ cr-n) 
:::. - me1..r 3 (Y--t'r-1-1 

Letting L=T- V, the f o)lowing two differential 
e~uelions result : 

(aL-/a')(.)- d/cit (oL./o'A )= o 
('2. m/r -i..) d Id t Ur-n-')"" ( 6 t y .. .1r)J =: 0 ( 1-A) 

(oL/ i3-e) - dldt (oL / o ;!:) =o 
('l\i -m (r-+x:)/e ➔ Xlr)'-- mfh•"' (r-. t: r2. = () (2- A) 

The equations lllUy_ l;e nondimensionalized by the 
new var ia bl es 1 

(3-A ) 

and become , after simplification : 

( 4-A) 

(5- A) 
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whe re a priwe indicetes differentiation wi t n 
respect to theta , E) . 

~elution of the Differenti~l Equations . 
The differe ntial equations a bov e e re r eally no 
m::>re than the conv entional equations of two- body 
motion with e t ransformation of variabl es .. These 
equations can be solved in t he same 118.nner as 
o r bit equations , ho•aever , this is not satisfec­
t :i ry for rendezvous studies. Whet is desired , 
of cour s e, is an equation for S end t ea 
functions of G . (Something like this has been 
done end &ppears i n ~oultonl6I on p. 171 . Moul ­
t on 's equetions , unfort un&tely, oenn:it be evalua­
ted r eadily when only t he motion relative to the 
t a r ge t i s known. ) When tt e target e nd inter­
ceptor a re close it is known that the ~otion 
approxi J10tes tht:t in f ree space end it is desired 
t o have tr.e equations of rendezvous neve this 
bchav io r. 

The solution to tt;e two dif~erential equations 
a b)V e may be P.,rtly &ccomplisbed by the two exact 
f irst - integr&ls available. These correspond to 
the conservt: tion of &ngula r mo,nentu:n end via -viva 
integrals respect iv ely . The constants of inte­
gratio n will be d .. noted by small A. 's . 

(6- A) 

co-nes directly f rol!l the fi rs t differential equa­
:ion (4-A ) . Tc get the second fi rst- integral , 
insert th i s r elation into the second equation 
(5- A) : 

s: 11 
+ ( I 1" ; )-i._ ~I Z ( I + ; y 3 

:= 0 

This equation, Cllay be integrated by J1Ultiply ing 
through oy J..; which produces ea exact dif f e r entia l, 

(8-A ) 

This last equation, however, is not used by the 
pr ocedu re outlined in this note, but the equation 
fr)m which it is derived is used i nstead. The 
differential equations then become1 

where J, is to be eveluated by the initial 
cond itions. 

(9-A) 

(10- A) 

Introducing a dditional notation to distinguish 
between orders of magnitud e of constants, let 

( 11- A) 

(12- A) 

If this notation is used the differential equa­
t ions become: 



( l}- A) 

(14- J.) 

where all BY111bols appearing are first-o r der. It 
is now possible to separate the differentia l 
equations into their linea r and nonlinea r parts 
by the following substitutional 

where I 

and 

(17-A) 

(18- A) 

The differential equations are now wr1.tte n in 
two parts be loi,, 1 

[Z:''~t:(1-t3Kz.)-Ki.]+[~-yl1t14)] "'0 ( 19-A) 

[E; 1-t'2J~(l+k,)-\,<_,j+[-~(ltK,)] : a O (20-A ) 

Each equation is t he sum of a linear end a non­
linear part, and each e quation is also exact in 
that no simplifying assumptions have been in 
addition to the be.sic ass~mptions. 

The linear pe rt of the differentibl e,quetion 
di!'fers fr:>c:1 the usual equeti?ns only· in that , 
the constants contain , in addition t~ the usual 
fi rst order t erms , some qusntit ies ...,hich ere 
usually neglected because they &re en or der of 
magnitude s'.llbller than t he basic part of the 
t erm. These extra terms in the constants , how­
ever , do effect an improv e:nent in th,, accuracy 
of the 1 inear e.;,i:r oxi.1< tion to the .:n1>tion which 
is ,nost n.:iticee.ble in the analysis o·{' very lone 
time motions. 

Let If._ enc "C1.. oe the compl et e solutions to 
the linear pi31'te of the equat ions above . The 
co~p!e~e soluti.:in to the equations will then 
ap?esr ss the au~ of e linear end e "pertur ba­
tionsl1 par t , ~s shown belows 

(21- A) 

( 22-A) 
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In order to write th e linear solution ex plicitly 
the followi ng notation is employ ed: 

(2}-A) 

s o thbt t he linear solution becomes • 

~t. == C, s inc.uG + Cr cos we+ K~/c...u'-

St. .. ~:l(~,)cJ co5we- [ 2
(~,) c~ sin ~~-A) 

[
2(1-+1<,)K1.. _ KJ,.., [-c _ '2.(ltK,)C,J 

- w' I \:i +- ',,O {,J..J 

wherel 

(25-A) 

Su bstituting t hes e into tr.e complet e differe ntiel 
equation along with the unknown nonlinear part of 
the aoluti~n, one 6ets the differential equation 
of t he nonlinear pert s a 

II 

t;p = - (lt3K2)Sp1'-(1-tl-<t)i-,B (26-A ) 

(27-h ) 

.,,here the fl.motions 1) end (3 e.re e.a defined 
before and ere funct ions :,f t he complete 
solut ion ?; If, in the equations above , t he 
l inear instead of the coop_).fte solution were used 
to substitute in O and /~ these funct ions 
would ,e in er ror only by ter:ns thet ere firs t­
order small w~en compered with the true value of 

Y and f~ • This means that the perturba ­
tion snlution would be off by en amount one order 
saiell ,. r then the size of the true pe rturbation 
solut ion i tse l f . The perturbation solution 
would be bdd ed to the linear t o result in s econd ­
order anell er ror s in the totel solution; there­
fore , the problem is practically one ~f quad ra ­
tures. The actuul soluti:>n .:it' the nonlin,-e. r per­
turbation equations e bnv e, however, was can i ed 
:>ut on a IB:~ 7090 oy a nulller icel zethod that 
per~its erro r control t o within one part in one 
hund red thousand for nor:nal applications. The 
equations ~bove were solved (usi~ the comp,lete 
solution to evaluate the '!;~ and s,. functions) 
eye lllethod which is limited in its accuracy 
?nly by the number of significant digits ca rr i ed 
1n tho celcule.t.ion . The nu:ner:icel integration 
was ca rried out by &n Ade.~a-~oulton fourt h-o rder, 
fixed- interval ~et hod . 

The linear equations can be reduced to t he more 
comlllon foro by eliaiir,1•tbn of e~l qu~ntities of 
s econd .:irder in the constants . 

The computer program calcul~ted the value of the 
"old linear" equations au c check on the colcule­
tlons. In addition , it calculated the "new 
linear • solution , the perturbation solution a nd 
the ir auai , the exact s olution . The prograai can 
take &ny s et of inlt i6l conditions in eitr.er t ne 
non-<li:nensionel for~ written here or in di,nen-



sional form , i,. nd give the answers either in 
dimensione l :>l' non- di:nensionsl fo rm, 

An inspection of the perturbation equations will 
show that the "forcing function" has an ampli­
tude proportionbl t o the square of the coordinate 

t Intuition would say , then, that the 
error i n the linear solution to the equations 
would be proport ional lo the square of the 
average excursion from t he origin and would 
increase directly with the tim~ of flight in the 
worst instance. The preli:ninery investigstions 
with t he program have been carried out with the 
model above in mind, and some of the results are 
shown i n t he ~,ext s ection. 

Ase sidelight , the equivalent operation of 
splitting into, a lin<!!Br end}' s[DB ller nonlinear 
diff erential equation can also be accomplished, 
using the seco nd integr al available . The con­
stants are adjusted 1 

The following substitutions made 1 

(1+ 7; r'= I-~ t- i(:. E. e = t1/c 1 "t~) 

(1+~f\, 1-z.;.,. 3~'-a s-= t 3(4+3;X1+rr1.. 
[( -Z: ' ) ~ -t S 1.. - 2. '( Ki. + ( Ki. -4 I< ,. ) ] -1-

[2 c. - ~ +3~'2.K'" - SK .. J -=o 

The expression, in brackets on the left has ea its 
solut i on the linear relation outlined above, 
howe·,er, i t can be seen t hat the type of pertur­
bation analysis used earlier is not applicable 
here. 

Results 

The equations i n t he pr evious section were 
prograw'?led f or s :>lution on an Io.,1 70<)0, es was 
previously mentioned. As a chec~ on the accuracy 
of t he prograw the "interceptor" was placed in 
the initial co ndition equivalent to an or biting 
body at perigee wi th respect t o a reference 
or bit with t he sa111e aean 1otion. Thl" init isl 
conditions for three cases, e • .001, .010, 
.100, were run end t he tre j ect 1ry f or one orbit 
co:nputed. The "exact" soluti Jn reproduced the 
initial cond i tions one orbit later t o t ~e order 
of accura cy or t he input conditions. In e~di­
t ion , t he err ,1r in t i e l i neb. r z') lut ~on chec'ced 
t 1'e pred icted error of Ref. (;4 ), the err,,r in 
the l i neb r s olution growing es t he square of the 
initi, l distance. Agreement between sol ut ions was 
cood for e == ,,001; see Figs , ,3&4 f or other cases . 
The impro·, e:nent ov(.r t),e "old linear" by t oe 
'new linear" is a l so quite clear in t he larger 
case of 'llotion, t r e error being reduced r,:,· a 
factor of f our. 

'Ibe i nitic l C? nditions were co:nputed by a series 
expansion given on page 171 ot' Ref. 2, so the 
check i s indepenc e~t . 
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AP.PEND IX BI THE "EXACT-NUMERICAL" PRE:DICTION 
OF THE VELOCITY COMPONENT REQUIRENIENTS 

JiDR TWO-IMPULSE RENDEZVOUS GUIDANCE 
USING THE "SHELL-CO')RDlNATE • SY5-TE.\i 

In Appendix A is presented a method for deter­
mining the "exact-numerics 1" motion of a space 
ferry provided the initial conditions, i.e., 
position and velocity, are given. In or der to 
obtain a set of guidance equations, it is neces­
sary to be able to calculate the velocity com­
ponents required for rendezvous at a sp,ecti'ied 
time and position in terms of the initial 
position, In other words, one must have a solu­
tion to t he equetiona of motion between fixed 
boundary conditions (the end points of the 
motion). The linear equations of rel&tive 
motion2 , 3,32-38 are easy to arrange in gJidance 
laws. The mote exact numerical solutions, such 
as presented in Appendix A, require en iterative 
procedure such bs described in this Appendix in 
order to invert the solution of the motion into 
e guidance law . 

The need for a '!lore exact guidance law is depen­
dent on the accuracy of the relative position and 
rate information and on the range and altitude 
distance between the two rendezvousing ·vehicles. 
Even if accurate relative position and rate 
information are available at t he start of a long­
range rendezvous maneuver (e.g. , at the start of 
ascent from a par king or bit ) use of the lineari­
zedrendezvous guidance equations will result in 
lar ge errors to be corrected later. Anticipating 
large systems of the future where computing com­
plexity is a minor consideration a nd guidance 
efficiency is a major item, t he following scheme 
cot11p1ites e.n accurate ou:ncrica l approxtn1~t i0n to 
the exact impulse required to put e vehicle one 
collision course wi t h t he target at a specified 
ti<ne. 

The differenti al equations adva nced in ,t\ppendix A 
hav e proven themselves good f or the probl~'II f:,r 
which they were designed, that is, give1n cert~in 
initial conditions to compute the relative motion 
that t hese in1tir 1 conditions produce. This 
appendix cons::.ders a proble!ll wh ich is sl)mewhat 
the inverse, ne'!lely, whe.t initial conditions will 
procuce a relative motion that ends in 1rendezvous. 

Solutions like those in Appendix /, '.Digh1t be used 
to epproximE. te the nonlinear perturbati<>n end 
then a linear correction a pplied t o the initial 
conditions to get a new, corrected, impulse . 
3uch a procedure, however, fails t o ~et bt t he 
root of the problem since t he case oi interest 
is one in which t he no nlinea rit ies play a major 
role . An attack whi ch produces a good answer , 
regardless of the distanceo involved , muy be 
more com plicated but may a l so be a practice.I 
r:ecessi ty. 

The different is 1 equations i n Appendix A can be 
used, but in order to s olve t hem with fixed 
boundary co nditions an tideptation of t h(t numeri­
ca l m<thod of successive a pproximat ion ls re­
quired, A description of this method i s given 
in Aiine 1 3 Numerical Solut~on of Differ~:_q~ial 
Eil;.~ on P? · 106-109 .I ~ a dai;te,tion of 
t his ~e~ hod tJ the w~t~ema ticsl situation of this 
lppendi x involves sane general i zation ?f this 
-:iethod f or e s o:newf at more si:uple situation. 



The general idea is to establish an appr oxim&te 
trajectory which exactly fulfills the toundary 
conditions and successively refines it by re­
peated substi t.ution into the differential equa­
tion, adjusting the constants of integration to 
assure the sat,isfaction of t he boundary condition 
at each step. In order to illustrate the appli ­
cation of thi~1 method the probleu will first be 
formulated in general terms. 

Thcr independent va ria bl e ie 9 , and the two 
d ependent ve rlle bles are f end 7; Tbe 
boundary conditions ere given below 1 

.9oundary condHions 

When f) 1equels then ; end z; equal 

0 ~c ( 

e~ 0 0 
Of course, $,~ , (

0 
, end Q,.._ are all given . 

( 8.iE- is eque 1 to the product of the time to 
re~dezvous end the angular velocity of the rota­
ting coordinate system) . The proble~ is to find 
the velocity "tJ: and '(/ that will satisfy the 
boundary conditions. 

/,( is a constant of integration that is a 
func t ion of the initial conditions. Wr itteo 
symbolically I 

(B-1) 

Hate the.t wit.h this formulation of the equations 
of :Jl;,tion (s"e Appendix A) that K is not a 
function of ·-i;~ ; and that z;" and ff'' .are 
functions onJly of ?; and k as shown by the 
following d iJ'.ferential equations 1 

-{/ ~ ti [ Z:, K] (B-2) 

s' •== t1. c~J + K +3 ltJ 
So that if the initiE.l value of (~ and the 
correct value of K are found one hae en im­
plicit solution to the problem of determining 
the correct ;"~ end 5: 
First, form e first trial "solution" (, {9) 
:such that 

t. ( o) ,: ( t. (0.) = 0 
Of course, t.he uorei, {e) is like the t rue 
solution, the feater the solution will converge. 

The two integrals in this equation are quadratures 
which may oe evaluated in our case by numerical 
methods . .lhc n this is done the first cpproximetion 
to K. 111ay be found , sey K, , where 1 

I<,= -[ ~o -t £~~*£[(,CeJ]dtJ} (B-6) 

f
9

'f /2 [ ~ ce)] de 
le•o 

The second boundary condition requires that 

(te,,)-o • r. + C El,· IL!'d'e (B-7) 

So that tt:e first approximation to S~' may be 
computed ae: $ 

(!J 
1 

= _ [ Z> Jfe.J:.[~(el]d'e J ca-ai 
e~ 
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With t he first approximations to the boundary con­
ditions now at hand a new, end presumably better, 
approximet ion function can be computed by the 
formula below: 

Repeating this proce dure s hould result in succes­
sive refinements of the correct solution . It is 
not possible to prov e with rigor that the solt.:tion 
will converge e xcept fo r a very limite,d class of 
functions, however, the behavior of the sequence 
[ i;~) of initial values should convince one -:if 

tne validity of t~e solution since tbe e xistence 
of tl ,e solution is known f r o:n physical reasoning . 

The formula below gives the actual computational 
slgorithim us ed in their proper order. 

Definitions , 

~=- ~-z. (~+2()(l+~ )-l 

y:: i; 2. (~;-Bi; t 3 i; 1. )(\-ts t 3 

B, = (I-it;., -t ~of 
B2.:, BI ( 1_ ~(.) - ~ o) 
k .. ~ 2 K 1-K 'L 

(B-10) 

The subscript L , [: I, Z. . 
values o bte ined fnm the l 
function. 

... r~fers to the 
th e pprcixime t ion 

Given {,, , ~ end 9-f , the differential 
equations, 

{
11
= 1<1 -{(1;3K1 )+YC.1+ I<\.)-~ 

~I= I< [1-(2t-tsJ]-(2.~-~) 

( B-11) 

(B-12) 

end an epproxi:nation functi?n I;, (0) such thet 

t;, lr:,) '° ~u t. [e.; )-= 0 



The logical ch•oice for -Z::, is one predicted by 
the linear ized t wo-impulse rendezv ous fo r i!lula . 
vther functional approxi~at i ons can t e use d , 
howeve r. For conv e nience the f.;,rmult-s for this 
"firet guess• l'< re give n st the end of this 
append ix, 

K(::: (Fi:-;
0
)/ (e,11--i="i.) 

!' !/:) II 

C, ~ (e J Ki.'):: ;
0 

( ( ( )( )d 20 

( S:) t = - [ C:J l (e. 
1 
I<~) t t;,.] / tJ ~ 

(~~Le (K~-B2-J/l, 1 

(~,(e)=(~(C~LG -tG~(e
1
K~) 

return to Eq . (B-]J) . 

( 6-15) 

( B- 14) 

( B-15) 

( B-16) 

( B- 17) 

(1$--18) 

The linear approximation function l.s the 11old 
linear " solutlon to the two- i~pulse rend e zvous 
problem. The seque nce o~ initial velocities is 
.ieen to conv e :rge nui!le rically by observing the 
(7;~ )i. , (;~ ),~ fo r i :: 1, 2 , :'.i ••• unti l 
tl".e E:.rbitr a r y numerical bound for [(~~).:1 , -(~~),] 

and!i,~~k..-(~~ ) t1 is satisfied , 

For i nt egrati,,n of F , Si:!1pson's rule '111l'J be 
used , while f;~ r the integ ration of C.1 , a 
v ersion of :>t,,rmer I s 11ethod may be used. 

a) :or sto rting1 

'/u = 0 

y, =- (h'1is?b)D4o/ot nsy~ -108 y~ +2ey'3J 
'{i. = 2y, +~•j.-z..)['-/i r1oy':-ty:J (B-19) 

b) For con,t inuing : 

For mul as for the first a ppr o xicnst ion function a re 
given be low 1 

t,(e) • (4- 3Cosa) (. , 2l1-cose) ~~ -t ()ins),;~ 

$~ =[sine*~• 1U•1(1-losa,.) ~ b.9,Sln~ J "t., 1 /D 

!; ,: [-Hi-U>S8'~) t + (4 ~ioe,v ?.0*cosdJ.)r.1 ID 
D =- 39* s, net - B (1- cose,.) 

The accuracy of the soluti on , if no erro r s ere 
pres ent in the initi~l condition3 , is governed 
b:t fou r fsct.:irs : (1) the accuracy of the dif­
f e r e ntial eqJations in rep res ent ing the real 
situation; (2) t h e nua1ber of points along the 
curve t hat are used to d ef ine the approximat ion 
function numerically; (}) the ~u'llber of digits 
carried in the computation ; end (4) the accuracy 
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of the nU'llerical integrr.tion formula. It s eems 
clee r that none of these factors will be nearly 
as large ea meesure ~ent errors will be in a 
precticel guidance system. Therefore , t~e 
practicality of such a 'Jlethod ultimate ly rests 
on the ens,-er to the question, "Does the fu e l ­
s aving that 'll&y be r ea lized with the 111 easureme nt 
and impulse errors t!.ct e real ~yetem will have 
warrant the extr& computing c&pability· r e quired r• 
For long range midc.:>uree guidance usirog coo­
puting facilities on board the ~pace station 
( so that it need be carried into orbit only 
once) we believe the answer is clearly· that 
the f ue 1 saving 19 definitely worth while. 

3iaiplificstion of the computation proce dure for 
actu!:. l systems to, soy , e liminate the coa1puta ­
tion of trigonometric func tions tDoy c<>rtainly 
be mad e. For ext.mp le, one could limit, the 
computbtion of impulse to specific points , 
store tile sine ar.d cosine for ad equatt: iDter-
rt ls to fit these points and computatlLons then 
would all Le linear 11r1thmetic , The number of 
i t eretions could , possibly , be reduced to only 
one for most cases. It is very easy 1;o make 
!llllny runs in studies on the ground to Errive 
at practical mini.mu:ns for these quent:lties . As 
t h e distance gets smeller no 1teration9 need 
take pl ace, r. nd t he comput ation stops when the 
linearized guess for th e ve locity has bee n .:>b­
tained. These for:iiulae , in turn , reduce to the 
"f ree sp&ce " for~ula when the time to rendftzvous 
ie smell . In this m~nner the guidenc~ scheme 
successively linearize s itself es i t g ets 
closer, making computation tim~ much lees when 
informs tion is nee d ed more rapidly . 

APPENUI X 0 1 SUM.-IARY OF 
RENDEZVOUS ESUJ..TIONS 

The coor dinate s of an interceptor r elative to 
the ta r g e t reference circular orbit ere ehowtl 
in figure 2 . fne r eference or bit has an angu­
lar velocity 9 and is at a distanc e t"' 
froai ti.e ea rth c e nte r. 6 is e const&nt for 
the h ee.v enly body in question such that 

g ,Y-1...= C, 

If ~e ~s the reference circular o r bit v e locity 
( V, "" I"' e ) t h e n the rendezvous ve r iables a re 
non-dime nsionalized by the following fol'!llule 1 

t; "' ~;, 

(along an ere) 

(nlor:g en t< r c throuzh the 
target noraiul to reference 
orbit plane) 

(outward from for·ce center) 

~ I= d ~ /d Q ::: 

r/,: Ylvc. 
-z;/:: i Ale. 

If the subscript o refers to conditions at 
0:::cO then the linearized motion ie11 



~= ~0 -t(o(~iOIH:>)r0 -t (4Sine-3e)~: -t.{1--<...o~e) ~~ 

t = ( 4- 3 (O S8)~0 +l.(\-lOS&)5 ~ -t Sine~~ 

~ 1::. - l. ( 1 -lDji B) t C, + ( ,uose-3) f: -(zs in e) ~ ~ 

1; I-:= 6 ':, ,ne) So t-Q=5t<l8) f: -t lco5e) r~ 
~ = (cose)~ 0 +(SlflGJ)}J~ 

11
= -(si(1Q~r]o1~05e)1,i~ 

The initial value of the velocity which will 
produc e a collision Q-lt radians later is giv en 
by 

5~ = t(.,in0~~o ·t [14{t-tos(¼)-b0,tS in9t-](
0
1 /o 

~ ~= -to-t e*) ry" 

t: = f-Z{i-(o)9~~) fo -t [ 451()01 -5@-t<Co.5~] ¼, J;b 
The value of the velocity et the collision can 
also be computed2 

r: = [-2(1-(05B.)fot~1n9--rC}ID 

~, = ~SC9~)~
0 

! ; ::: f (4si11E➔1---39-f )f6 t-2l. l-l.65~~) l 1 /o 
where l) =- 39* s 1n9-tL -8 C 1-c of'{;);,) 

In the computation there are fiv e coeff icients 
that appear. Duet:> the zero in D et Q-11; =-0 
thes e be come dlifficult to evaluate fn smell 

f;)* . For this purpose, pow~r s ~ri es ~ r 
Laurent serieE: should be used for small .9.1< 
The serie s be low may be us ed up t o 8i,::: 40° 
with an erro r ne•1er :nore then ½%-

S ine11-/i:) = - ~i f 1- ,,18f + 7/9o e/' ... ) 

U1(H05~)-e,,e,~':>iO~] ID=-- f I; I~ a:- 7tfzoG.;1 --} 

1._(1-lM8()/t)==- -{1- '!4€)..,..t.. 1 1 /i508:jf\ .... ) 

[4 sin8,t · 3t),eosB,J /D.: - 'a 111 Zh6>/-t7/9o9/f} 

(4 sine~ - 3Q~~ )ID.::: -1/e~l 1-5/48/ t '¼oG.;~_ jtp:] 
co-t G* = ~If i 1- 113 G.t -, 14 s i9,.. 'l . . . ) 

Inspection of the formulas abov e show the free 
space a;,proxi•Dation holds when ~ is very 
small . 

The ct)RGS guidance scheme2 has five impulses 
tangential to the orbit spaced at 90 degree 

target o r bit trav e l a-pa rt. Tr e fi rst ia1pulse is 
giv en ;60 det;rees from collision. These, i<t,~ulse a 
are, as functions of the initiE.l condittons 1 

time t o rende zvous tangential impulse, 6~ 
I 

560° -¥~-t-(1/brr )f
0 
-(1,-le)"{,-(1/Jrr-+11e)tt 

210° CJ,d ~~ 
lB0° - ( 1/4) '(., 

~ -~)~ 
o0 

-(1/,-rr J f, 1 ( 1/ii)~ t-Nnr11~)s: 

There are three systems of coordinates to which 
reference will be :DSd e: For sioplicity &.11 dis­
t&.nce s will be divided through by orbit•~l attitude, 

1 ) Shell coordinates defined in Figur e 2. 
f is along the orbit , S is olong local 

vertical. 

2) Rectang-uli,r coordin;;tes . )( J1 eesured 
tangent to orbit snd i: along local vertical 
through th e coordinate syste~ center . 

5) fbdsr coordinetes. R. distance from c,or­
dint..to system center. g angle fr n~, i- :::iee ­

surcd os posit::.ve to11ard X 

Tr.e trunsf;ir•.n&tion between rect,1>nguh,r t:r,d roda r 
coordinates clarifie s t heir rel&tionsnip . 

s~ = sir,~ 

Cp ~ c.oscO 

V if =- I - C If -=-- v e.rs i' 0 4' 
ste rred :!':ir:nula 6 Ye to be u,:;ed when 2 
smell , 

X =- i< Se 
2 ~ 12 Ce 
G== tan-1 Cxlc) 
Q ~ ( X L t t. '2..) 1/z.. 

X 

2-
& 

¥ 

'::c (_1+-z;) 51 
-= ( 1-t~) er-I 

r-v'y· (1+-i;') (-if) 

= +a() "1 [ ><. / l I t H J 
[( 11-i /

2-t-)(2 1112
- I 

is 

t; ~ 
(for S'!lllll le._ conv ert 'f... !Ind L to radar 
coordinates bnc us e fo rmula be low . ) 

~,: [ H (It,;) 1.._ l ( t t°S) C f ]'
1
z.=- [ ~ 2 .. z..Jf ( t-t \")J l/z ( *) 

{)=tci<i'i[l1+r)s51/[~-vsltti;)]J ( ..-) 
G• tM'

1 
\ [fwi;)S~J /[(rtlj){~ -,l 1 

'?= it111-1 [gs-e/ (1-+12l&) J 
~:: (1-ti.Rle+~z.)1

' 2 - 1 =- KF,le)+K"1=1(&H •····(•\ 
i:-1 = l.i. f ., 1h s1a F3, - 11-i C9 s ~ i::~ = - 118s1 (1-s~}i) 

Fs" ~C.eS~ l1·7c.1e) Fb"'tbs};(1-14c.e+11de) 
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Abstract 

The restricted Three - Body- Problem considers 
the motion of an infinitesimal mass under the gravi­
tational attraction of two finite masses, which 
revolve about; their torpmon center of gravity in 
coplanar circles. It is well known that Euler's 
problem of two fixed centers, consisting of the 
motion of an infinitesimal mass under the gravi­
tational attraction of two finite masses fixed in 
space, can be, solved by elliptic functions. 

The idea presented here is to take the solution 
of Euler's problem as the solution of the restricted 
Three - Body- Problem by allowing the initial values 
to be functions of time now. Differential equations 
for the perturbed initial values are established . 
These equations can be given in closed form by 
using the fact that the trans format ion to the per­
turbed initial values of Euler's problem is canoni­
cal. Thus, an approximation can be obtained for 
the solution of the restricted Three- Body-Problem. 
The method can also be used to represent classes 
of neighboring trajectories for guidance purposes. 

Notations 

dot : differe,ntiation with respect to time t, e . g. 
xi = dx1/dt, i = dx/dt 

small circle: partial differentiation with respect 

4-vect::s~im::.:: .e~g~r;~i,

0

:~

0

: r:~~l, -~ = r~:~t~ 
x1 lx

3
~ toH/ox~ 

with the matrix J = [ ~x

4 

~ 6 ~]
40 

a canoni:::ox 
- 1 0 0 0 
0 -1 0 0 

system X1 = clH/Ox3, x2 0 H/Ox4, X3 = - 0 H/Ox 1, 

X4 = - oR/oxc? is written as i< = J(dH/ox). 

Introduction 

For the purpose of guidance of lunar vehicles 
it would be useful and convenient to possess 
analytical e>tpressions that give position and 
velocity at " certain time as functions of position 
and velocity at an earlier time; in addition, the 
formulas should be as simple as possible and of 
sufficient accuracy. This general problem was one 
of the incentives to a study that shall be outlined 
in its basic ideas in this paper. Only the simpl est 
case of the problem of motion and guidance in the 
real earth- moon space has been attacked so far, 
idealizing as much as possible. Accordingly, in 
the following the restricted three- body problem in 
a plane will be considered, treated as a perturba­
tion problem of Euler's problem of two fixed centers, 
which can be solved in closed form by elliptic 
functions. 
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The procedure of attacking the problem is the 
following: Represent the restricted three- body 
problem in a rotating coordinate system in which 
the two finite masses are at rest. Then the 
Hamiltonian H of the restricted probl,em can be 
written as the stnn of two terms, H = R1 + H2 , one 
of which, say Hi , is exactly the Hamiltonian of 
Euler's problem. Solve Euler 's probl,em - chis can 
be done in principle - and consider the initial 
values of the solution of Euler's pro'blem as the 
new variables of the restricted probl,em . It can be 
shown that this transformation of the dependent 
variables is canonical , and that the new variables 
satisfy canonica 1 differential equac i,ons, such that 
the Hamiltonian of this system is the other t erm 
H2 of the Hamiltonian H = H1 + H2 of the restricted 
problem. This process is applied once more to 
H2 = H3 + H4, and the problem is reduced to the 
so1ution of a system of canonical differential 
equations with the Hamiltonian H4 . The solutions 
of this last system of equations are slowly varying 
functions for not too large intervals of time. 

The object of this study is not so much the 
approximation of the true trajectory 'by another 
simpler trajectory - mathematically usually an 
initial value problem -, but the deveLopment of 
methods towards the solution of the a'bove-mentioned 
prediction problem - mathematically closer to a 
boundary value problem. 

Theorem on Canonical Initial Values 

The following theorem will be used essentially 
in the subsequent developments; it will be formu ­
lated here without proof. As already mentioned, 
it states that in certain cases the initial values 
of the solution of a system of canonical differential 
equations are canonical variables for another canoni­
cal system. 

Theorem: Let a= J(o H/oCX) be a canonical system 
with the Hamiltonian H = H(t, CX) 
and initial values t 0 , CYa · 

Let H H1 + 112 and 
~ solution of 
~ =:, J.{o ii1 /o13) 
H1 = H1(t, 13) 
values t 0 , 130 . 

let 13 = B(t, t30 ) be 
the can,onical system 
with th,e Hamiltonian 

H1(t, 13) and initial 

Define functions 7 = f(t, 6 ) = B(t, 6 ) 
and determine the functions 
6 = 6 (t, 80) so that the fare a 
solution of the (original) canonical 
system 1 = J(dH/07) with the 
Hamiltonian H = H(t, r) = H(t, r) 
and initial values t 0 , ro Clo . 

Then the functions 6 (t, 80 ) are a solution 
of the canonical syst,em & J(OH~/08) 
with the Hamiltonian tti = ~(t, 6): 
H2 (t,r(t,6)) and initial values Bo=CXo. 



The Restricted Three- Body Problem in the Pl ane 

Y2 

m2 • -,x1 

(yil), yf~ 

Yi 
m 

( (1) (1)) 
Y1 , Y 

Let Y1, Y2 be cartesian, barycentric, and 
space fixed coordinates in the plane of motion; let 
the finite masse.s m1 and m2 revolve in cir cles about 
their COl!UllOn center of mass with angular velocity n. 
The differential equations of motion of a particle 
with mass zero and position (Y1 , Y2) in the gravi­
tational field of m1 and m,,, read 

(1) 
Y1- Yl 

(2) 
Y1 - Yl 

Yl - ;>'1111 

PI 
- ;>'1112 

p~ 

( 1) 
Y:rY2 

(2) 
Y2-Y2 

Y2 - ;>'1111 

PI 
- rm2 

p~ 

where 

i • 1, 2. 

The specific kinetic energy is 

T 

the specific potential 

V 

and the Lagrangian 

L 2 T - V. 

The equations of motion can also be written as 

Yl ov 
Y2 -; - ay; 

Introduce r,ew coordinates x1 , x :, by the 
rotation 

Yl cos n(t - t 0 ) + Y2 sin n(t - t 0 ) 

Xz 
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so tha~ the coordinates of m1 and m2 are constant 
and x 1 (l ) , 0 and x2 <1), 0. In this new c:oordinate 
system we ge t: 

specific kinetic energy 

l • 2 • 2 l 2 2 2 · · T = 2 <x1 + X2) + 2 n (xi + x2) + n(X1X2 - X1X2) 

= ½[ Ci<1 - nx2)2 + (x2 + nx1)21, 

specific potential 

where 

L 

X1 

X2 

the Lagrangian 

T - V, 

and the differential equations of motion 

2nic,, - n2
X 1 

ov - ax; 
+ 2m<1 n2X2 ov - ax; 

For the following we will write the differential 
equations of motion in canonical form; introduce in 
the usual manner the generalized momenta x3 and x4 
by 

and the Hamiltonian 

H 

L(x1, x2 , ic1, x2) = ½<x~ + x%) + 

n(X2X3 - X1X4) + V(x1, X2)-

The canonical equations of motion read 

i< oH 
~ 

. . f . oH or 1n matrix onn x: J ;f,Z· 

Let the initial values be t
0

, x
0

. 

Euler ' s Problem of Two Fixed Centers 

H1 is the Hamiltonian for Euler's problem of two 
fixed centers, as can be derived directly or from 



the fact that H1 = H(n = 0). Introduce new coordi­
nates w instead of x for the (formal) solution of 
Euler's probllem, and define a Hamiltonian H1 by 

The differenl:ial equations of motion are 

and denote the initial values by t 0 , w0 . 

Let w = W(t, w
0

) be the solution of this system of 
differential equations, i.e. of Euler's problem; 

The w. are the solution of Eul,er' s problem 
and consequ~n t l y satisfy the followi1ng set of 
equations : 

OV(w1 , W2) 
(1) 

(1) W1.- W 1 
WJ-WJ 

W:, 
dW1 

- rm1 ry - 7tn2 d 
0 

OV(w1 , w2) 
W2 W2 

W4 
dW2 

- ')'1111 ~ - ')'1112 ~ 

it follows f1rom the theory of differential equations 
that the Wj (1t, w) are holomorphic functions of the where wP·), 0 is the fixed position of mi, and 
variables w.i in a sufficiently small neighborhood 
of the point w0 = w0 . Since W(t0 , w) = w, one finds, ~ -------
expanding W in a power series oft - t 0 : ri =V(w1 - Wii))2 + w~ 

and there for,? 

and this holds especially for w = w0 . 

Perturbation 

Introdw:e functions Slj, j = l, ... , 4, by 

w net, ;) W(t, f. ) 

and determin,e the functions f.j = ~ j(t, Xo) in such 
a way that w is the solution of the original 
restricted problem, i.e. that 

0 

w 

with the Hamiltonian H = R(W) 
values t 0 , w,J = x0 . 

H(w) and initial 

According to the theorem formulated at the 
beginning on,e finds that the functions 
f.j -= :C::j (t, x,;,,) are determined by the canonical 
system 

with the Hamiltonian H2 = H2 (t, s) 
and initial values t 0 , §0 = x0 . 

New Expression for H2 

Let us derive another explicit expression for 
the Hamiltonian H2 (t, t) in order to be able to 
split H2 into the sum of two terms and to apply this 
perturbation procedure once more . From the 
definition of H2 it follows that 
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It follows that 

-
OR2 o O 

dt = n(w~ :, + W~:, W1W4 W1~4) 

n ( W 4W:, + w-;µ:, W:,W 4 W1~4) 

since 

in the used barycentric coordinate system. 
0 

Integration of H2 with respect to time t (the f. 
are considered as constants) yie lds 

t 

H2(t0 ·, U + n')'l111wP) }~-½ -
to 

Second Perturbation 

-
Write H2 (t, s) = H:, + H4, 

where H3 = n(t 2f.:, - f. 1s4) 

t 

and H4 n;mi1wP) 1~<h -~) dt, 

to 



As in the first perturbation process, we will solve 
the canonical ~;ystem with the Hamiltonian il:, and 
introduce the i.nitial values of the solution as 
new variables i.nto the full canonica l system with 
the Hamiltonian H2, 

Introduce new variables g 1 , &2, g3 , g4 and 
solve the canomical system 

clH~ 
g = dg 
with the Hami l tonian 

and i n itial values t 0 , g
0

. The solution g = G(t , &o) 
can be given explicitly as the simple rotation 

cosn(t- t 0 ) s inn(t- t
0

) 0- 0 

sinn(t- t 0 ) cosn( t - t
0

) 0 0 
g 0 0 cosn(t- t

0
) sinn(t- t 0 ) &o 

0 0 -s Lnn( t - t 0 ) cosn(t- t 0 ) 

or 

g.= R(t)g
0

• 

and 
the 
cal 

Now introduce functions 7j = fj(t,A) = Gj(t,/\) 
determine the functions Aj = Aj(t,x

0
) so that 

functions rj_are solutions of the full canoni­
system with H2, i.e . of 

oH~ 

with the Hamiltonian H1 
initial val ues t 0 , /10 • 

H2 (t,r) and 

Again it follows by the theorem formulated in 
the beginning, lthat the functions /\ = A(t,Xo) are 
determined by the canonical system 

* 0H4 
(\ = J ~ 

with the Hamiltonian tt! 
and initial values t 0 , Ao 
H! can be writtE!n also as 

H1(t,A) = H4(t,f(t,/\)) 
= x0 • The Hamiltonian 

where w and ri have to be expressed as functions of 
c and A (A is a constant for the integration) . 
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Concluding Remarks 

By t he foregoing development s the ·restricted 
three- body problem has been reduced pri1r1cipally to 
t he computation of the functions A~ =A• (t,Xo) as 
the solutions of a system of canonical ilifferential 
equations . 

One can try, for instance, to expand A(t ,x
0

) 

in a power series of t - t 0 or in a serie1, of suitably 
chosen po l ynomials int. It is easily seen that 

~fc)t = 0, 
0 

theref ore the power series reads 

i.e., the linear term vanishes. This indicates 
that. A :: x0 is a good approximation in :,ome neighbor­
hood of t.0 • 

The coordinates x of the restricted three­
body problem can now be written as 

and, solved for A, 

The formulas for the coordinates x in the 
restricted problem show - as one expects of course 
from the construction -, that x is repn,sented by 
the solution W of Euler's problem with v•arying 
in1tial values . Thus, the trajectory of the 
restricted problem is not approximated i.n the usual 
manner by one solution of Euler's proble,ms with the 
same fixed initial values, but by a one-•dimensional 
point set of a one parameter family of s,olutions of 
Euler's problem. 

The differential equation for A is of a very 
complicated form and it has not been tried yet to 
appr ox imate its solution analytically. However, 
the last formula can be used - and it has been 
used extensively - to compute A num.er ically and to 
fit it then by suitably chosen functions. The 
results are very promising so far, and the numeri­
cal computations show clearly that A is a slowly 
varying function of time for the first half (out­
bound leg) of a circumlunar trajectory; fl is also 
a slowly varying function for small changes in the 
initial values, so that families of trajectories 
can be r e presented by one expre ssion for A 
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Abstract 

Parabolic manned re-entry design compari­
sons are made between two classes of slender and 
blunt configurations capable of conventional hori ­
zontal and vertical earth landings. Aerodynamic 
modulation using flaps and control augmentat ion 
requirements are discussed in terms of their 
effect upon re-entry trajectories and landing foot ­
prints. With:l.n the environment defined by the 
re-entry trajectories, the conve ctive and radiative 
modes of heat transfe r are compared, their 
differences discu ss e d, and the problems associatl:d 
with the configurations for planetary return 
missions indicated. The rmal protection systems 
are discussed and the factors influ encing the 
selection of a given system for t he re - entry 
environment ;ne indi cated. C omparison between 
reflective and absorptive s ystems are made and 
the mer its of each for a given flight time indicared. 
A thermo-str,uctural a nalysis is presented which 
shows the tra.de-ofl between structural operating 
temperature and heat protection system thickness 
requirement s, . Total heat shield and structural 
weights are compared for the landing footprints 
presented and their variation with range shown . 
Finally, the areas of uncertainty in the aero ­
thermo structural design analysis are indicated 
for each class of configuration studied, and the 
weight differ,ences between conventional horizontal 
landing and vertical descent configurat ions are 
given. 

Introduction 

Manned circumlunar flight and its associated 
re - entry pha:se presents new and novel problem 
areas. Whil,e many of these problems are within 
the state of the art for solution, the extrapolation 
of existing types of space vehicle and re-entry 
vehicle systems to this application requires care­
ful consideration. The problems associated with 
parabolic re-•entry have been treated in detail in 
the literaturE! (references 1, 2, and 3) . These 
studies indicate significant design parameters but 
do not enable direct comparison of configuration 
requirement!; as needed in determination of final 
system requirements . 

In order to discuss the problems of manned 
re-entry and compare configurations, certain 
ground rules were established. A fixed internal 

volume of 350 ft . 3 was assumed t o be sufficient 
to house and support three ast ronauts and their 
associated equipment for a per iod of approx imately 
two weeks. Two classes of configurations were 
then studied. The first were blunt configurations 
capable of vertical or parachute landings and the 
other was of the lenticular type capable of hori­
zontal or conventional landing. All co,nfigurations 
considered were to have a hyper sonic L/ D capabil­
ity of at least 0 . 5, considered adequate for 
maneuverability. Each configuration was designe d 
to use the same basic heat protect ion system, 
structural op erat ing temperature, and. be operable 
for the same re-entry corridor and la:nding area 
by using a flap arrangement for modulation. 

Configurations 

The very blunt or high-drag configurations 
suitable for parachute landings and blunt, moderate­
drag bodies suitable for conventional landings were 
studied. Figure 1 shows the outline a:nd general 
dimensions of the configurations consi dered. 

The cone had a bluntness ratio of 0. 55 and a 
semi-vertex cone angle of 12 degrees . The calcu­
lated hyper sonic lift-to- drag ( L/D) capability was 
approximately 0. 7. The center of gra.vity was 
located along the axis of symmetry and the vehicle 
trimmed at zero- degree angle of attack without 
flaps . Pitch and roll control were obtained wit h 
flaps located on the aft portion of the blunt cone. 
The control s operate differentially for roll control 
and in pairs for pitch control. At an L/ D of one­
half, the trim angle of attack was calculated to be 
approximately 19 degrees. 

The 30 - degree half-blunt cone configuration 
has a maximum calculated L/D of approximately 
one - half and trims without flaps at an angle of 
a t tack of approximately 4 degrees, th,e angle being 
measured from a plane parallel to the top flat 
surface of the vehicle. Pitch, yaw, and roll 

control is accomplished by four flaps; two of ....mich 
extend aft from the top flat surface of the vehicle, 
the other two extend from the aft conic portion of 
the body. 

The third blunt face configuration studied is 

shown in figure 1. An L/D of approx imately one ­
half is calculated for this configurati on whi ch 
corresponds to an angl e of attack of approximately 

*This work was done at the AVCO Research and Advanced Development Division partially 

funded by subcontract NAS- 5 - 304, GDA 203-429-A, and AVCO Corporat e Funds. 
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35 degrees. At the trirn condition the afterbody 
is not in the flow. Four chin flaps are us:ed to 
proyide pitch and yaw control. 

The shapes discussed do not have capability 
for landing without auxiliary drag and/ or lift 
devices, such as a parachute or a Rogallo Para­
glider (reference 4). A configuration which has 
promise as an acceptable re-entry body with con­
ventional glide landing capability is the le,nticular 
shape (reference 5) where the cross secti.on is 
elliptical and plan form is circular . The lenticular 
shape re-enters as a blunt body. After re - entry, 
the body is pitched to a glide position for landing . 
Altitude control is provided with flaps as indicated 
in figure 1. 

Trajectory Studies 

In order to deterrnine the heating and loads 
associated with re-entry at parabolic velocit ies , 
trajectory studies were undertaken for fli.ght 
along both the overshoot boundary at an L/D of 0 
and by Chapman's 10g undershoot boundary at an 
L/D of 1 /2. The entry corridor so bounded is 
approximately 30 nautical miles . Figure 2 shows 
a plot of altitude vs. down - range for re - entry 
trajectories on the over - and undershoot 'bounda­
ries. The re-entry flight corridor is est.ablished 
by the range overlap which can be achieviid for 
entries made on both the over - and under shoot 
boundaries . The maximum range shown 'is 
established by flight on the l Og lifting under shoot 
trajectory. Entry is made with an L/D o:f f l / 2 
to pull-up. When the flight path angle reaches 
f I . 6°, the lift is removed and a ballistic flight 
is followed to an altitude of about 300, 000 feet . 
At this altitude an L/D of/. : /2 is again applied 
and held constant to impact. This maximum 
range can also be reached by flight on the 
ballistic overshoot boundary. On this boundary 
entry is made with L/D of O to impact. 

The altitude of near 300, 000 feet wa,s chosen 
as a limiting value for skip- out, since at this 
altitude aerodynamic forces start to become 
important for control considerations . 

The minimum range is obtained by entry on 
the ballist ic over shoot boundary using a negative 
lift, trajectory. A modulation is made to limit 
the load at some point in the trajectory to 10g. 
This minimum range can also be achieved on the 
under shoot boundary by a modulation from the 
pull-up altitude. Ballistic flight from the bottom 
of the pull- up comes close to providing this range. 

Due to the trajectory analysis studi,~s, 
certain design restraints were established. These 
restraints are based upon trajectory sensitivity 
to flight path angle. For example, the in.i.tial 
ballistic overshoot re-entry angle is -5 . 37° . 
If the re - entry angle is just . 02 degrees s1hallooer 
or -5. 35° then the resultant peak altitude after 
pull-up is increased by a factor of 6 from 300, 000 
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feet to 1. 8 x I 0 6 feet. 

Furthermore, for the 10g lifting undershoot 
boundary a similar sensitivity exists . However, 
in this case, the flight path angle associated with 
the second (balli stic) portion of the flight is the 
critical parameter . For example, if the lift is 
removed when the flight path is 3. 2° instead of 

0 
1. 6 then instantaneous, Cull negative lift will not 
preven t the vehicle from skipping out. 

Hence, these sensitivities to flight path angles 
and changes in modulation form the basic inputs 
required to define the guidance and control system 
(reference 6). 

The flight corridor established by the above 
procedure provides an overlap in down-range of 
roughly 2,800 n. m. Results of investigations of 
the requirements of the system, the capabilities 
of the vehicle, and the guidance and control 
system indicate that this flight corridor appears 
to provide a reasonable approach for vehicle 
design criteria . 

Design trajectories of this type were com­
puted for each configuration studied in order to 
determine the environment which formed the basis 
of configuration comparison. Altitude-velocity 
graphs for the ballistic over shoot and I Og lifting 
undershoot trajectories are indicated in figure 3. 
The r egion of high convective heat flux and non­
equilibrium radiation phenomena are indicated 
and are discussed in the re-entry heating section. 

The landing capa~ility of a vehicle with 
W / CT)A = 50 lbs . /ft. which enters the atmos­
phere at the ballistic overshoot and 10g lifting 
undershoot bounds was examined. The footprint 
for a given re-entry angle is obtained by suitably 
banking the vehicle within the trajectory con­
straints . Once the landing footprints, associated 
with both entry boundaries, have been established 
their intersection represents the landing capa­
bility. 

The maneuver capability was investigated by 
generating trajectories wherein the L / D and rcll 
angle were represented as step functions. Tre se 
changes were initiated at the pull-up point and at 
the top of the ship phase. The landing footprint 
obtained is indicated in figure 4. The results 
indicate a down-range maneuvering capability 
of 2,380 nautical miles and a cross-range 
capability of j_ 420 nautical miles measured from 
a minimum down- range impact point which is 
870 nautical miles from entry. 

If the skip- out altitude requirement is relaxed, 
the landing footprint can be extended as indicated 
in figure 4. For an L / D of one-half, increasing 
the skip-out altitude to 500, 000 feet enables the 
down- range capability of the vehicle to be 
increased by a factor of approximately 2 , Care 

must be exercised in the choice of re-entry 



trajectories and resulting landing footprints . These 
considerations must include the guidanc.e and 
control accuracy, total heating to be absorbed 
as well as many other system requirements. 

Re-entry Heating 

The convective and diffusive stagnation 
point heat transfer rates were calculated using the 
results of Fay and Riddell (reference 7) correlated 
as, . o. ?(, / ~Io, I/ /7 )"· Y 

j7 J .re = ,:{ o. t'o l,P--1,i,4., J/_;4( 4rm 

;-;~(/a·:~/):/](~-~ ... ) 
/(~' 1 .?;- ).,.,,,c 

I 

(I) 

✓/U/ I 
The facto 7 has been uS'ed to calculate 

the correction for the stagnation point v·elocity 
gradient for asymmetric configurations. "K" is 
defined as the ratio of velocity gradients along 
the principal radii of curvature (reference 8) . 

For a sphere, the stagnation poinlt velocity 
gradient is accurately predicted by Newtonian 
theory. Vinokur (reference 9) evaluated constant 
density solutions for bodies with elliptic: cross­
section noses . Comparison of the data obtained 
for various blunt bodies (reference 10) with 
Vinokur's results (figure 5) indicates an over ­
estimation of 20 per cent in the predicted velocity 
gradient, hence, 10 percent in heat transfer rate. 
In the results to be presented, Vinokur's constant 
density solutions were used to evaluate the 
stagnation point velocity gradients . 

Equation l has been used with great success 
for correlating data for satellite flight velocities 
and altitudes less than 250,000 feet. A l: near 
es cape velocities, however, the electron concen­
trations and temperatures in the boundary layer 
are large enough so as to effect transport proper ­
ties of the air. The results presented in referen:ie 
l J indicate that a vehicle entering at pairabolic 
velocity will experience approximately a IS percent 
increase in stagnation point heat transfe,r rate 
over that predicted by equation I. 

These results have been compared with 
experimental data (reference 12) at velocities 
between 32,000 and 39,000 ft. / sec . Within the 
accuracy of the data (j_ 15 percent) the theory is 
in good agreement with the data and because the 
integrated electronic effect on heat transfer 
throughout the entire trajectory results in a 
smaller increase, this effect was not included in 
the analysis . 

Heat transfer distributions require a 
knowledge of the pressure distributions .. Where~ 
possible, available data applicable to the configu­
rations studied was used. The prediction of 
pressure distributions for axisymmetric and/or 
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two dimensional bodies is established in the 
literature. An approximate blunt body solution 
and the method of characteristics for equilibrium 
(reference 13) were employed for applicable 
configurations . In many cases, simple approxi ­
mations, which have been found t o correlate with 
data, were used. An approximate method used 
for the blunt vehicles was the technique of Lees 
wherein the Newtonian pressure distribution was 
assumed until the pressure gradient matched the 
gradient obtained from a Prandtl- Meyer expansion. 

The convective and diffuse heat transfer 
distributions were calculated using the results of 
Kemp, Rose, and Detra (reference 14) given as :-[ 

£:: Lu~- 0 -./T Y~~-~~ 
-~J ' v _z ~- , l;. 1TJ/ 

,t' 7 'J'T 

(
/-,,. ,OQ~~ ) 

/ _ 06 J' / 
(2) 

Angle-of-attack studies indicate that equation 
2 can be applied to nonaxisymmetric flow by 
considering the flow to be pseudo-axisymmetric 
and evaluating the distribution along streamlines . 
Experimental studies (reference 15 and 16) have 
shown that the heat transfer distribution along 
meridians located at I 90 degrees circumferen­
tially from the windw;rd plane of symmetry are 
essentially constant for moderate angles of attack. 
Because of angle of attack, the shift in the position 
of the stagnation point creates an uncertainty in 
heating calculations . However, comparison of 
Newtonian predictions with existing data resulted 
in empirical estimates of the stagnation point 
movement . 

In addition to the convective and diffuse modes 
of heat transfer, considerations of equilibrium 
and non-equilibrium radiation were included in 
the study. For calculation of equilibrium 
radiati on stagnation point heat transfer, Kivel's 
method (reference 17) was used in conjunction 
with shock detachment distances which were 
estimated using Serbin's (reference 18) and 
Vinokur's (reference 8) results . 

'~ Non-equilibrium Radiation 

The temperature and density gradients in the 
shock wave enveloping a re - entry configuration 
act to increase the collision frequency which 
results in the excitation of the vibrational, 
dissociative, and electronic states. The reaction 
rates which govern the excitations are functions 
of local density and temperature. The temperature, 
density, and concentration profiles become 
asymptotic to equilibrium values downstream of 
the shock wave . 

* Reference AER L Report RR 112, "Radiation 
from the Non-equilibrium Shock Front, 11 by J. D, 
Teare, S . Georgiev, and R . A. Allen; presented 
act thfe Octob~r 1961 ARS International Hypersonic 

on erence 1n Boston, Mass . 



Both shock thickness and relaxation distance 
vary inversely with density. Up to altitude,s where 
the shock thickness and the average relaxation 
distance are approximately equal, equilibrium 
conditions exist immediately behind the shock 
wave . At higher altitudes, where relaxation 
distances are much greater than the shock thick­
ness, a temperature overshoot will occur due to 
the high translational temperature . At the same 
time, the density increases from its ideal gas 
value immediately behind the shock wave because 
dissociation increases the number of particles 
per unit volume . This reaction zone gives rise 
to the non- equilibrium radiation effects . As 
indicated in figure 3, non- equilibrium radiation 
is expected to occur in an altitude region between 
150,000 and 200,000 feet at velocities greater 
than 30,000 ft . /sec. The significance of this 
effect can be illustrated by the fact that for a 
velocity of 36, 000 feet per second, and an altitude 
of 200,000 feet, the peak overshoot tempe·rature 
is approximately four times the equilibriwm 
temperature . 

It is interesting to note that the rnan:oed 
lunar return flight becomes one of the first 
problems wherein non- equilibrium radiati,on 
phenomena may play an important design role. 

To illustrate the results of the heati:ng calcu­
lations, the stagnation point time history for the 
12 degree blunted cone configuration is sh,own in 
figure 6 . The convective, equilibrium, and non­
equilibrium values are shown indicating that for 
this case, the peak radiative contribution :cs 
approximately 82 percent of the peak conv,~ctive 
rate . The pulses associated with the radiative 
contribution are short in time and occur s!lightly 
earlier than the convective pulse . 

The integrated stagnation point heating is 
shown in figure 7 wherein the integrated non­
equilibriWTI heating is 26 percent of foe convective 
value . 

The results shown for the cone are typical of 
the stagnation point calculations completed for all 
the configurations studied. In general, the results 
indicate the relative order of magnitudes c1f heatirg 
associated in decreasing order with convective, 
non-equilibriwm radiative, and equilibriurn 
radiative fluxes . 

ln addition to the stagnation point cal!culation; 
equation 2 was used to generate heating distribu­
tions and the resultant total integrated flux 
determined for each re - entry trajectory considered 
The results of these studies indicated that the 
maximum heat to be absorbed by a given c,onfigu­
ration wa_s determined by the maximum down- rart;e 
achievable by flight along the lifting undershoot 

trajectory. Therefore, the heat protection system 
was designed for this case and its performance 
evaluated for the other flight conditions . 

Although results are not presented, heating 
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was calculated for each of the flaps associated 
with a given configuration. In general, the flaps 
arranged along the forward blunt portion of the 
body were subject to stagnation point heating 
whereas trailing edge flaps were subject in part 
to separated flow as ·well as the oblique shock 
ahead of the flaps. Although the flap arrangement 
presents a difficult local problem, they were 
designed to meet maneuvering requirements. 
Certainly maneuvering techniques which eliminate 
the necessity of flap arrangements result in 
gr eater efficiency and less weight. 

Thermodynamic Analysis and Materials 

The two-pulse heating environment previously 
described requires a detailed analysis of the 
thermal protection system capable of dissipating 
the energy generated during re-entry. In general, 
two systems capable of achieving this end are 
concerned with either absorbing or radiating the 
energy. The absorption systems considered for 
ballistic missile re - entry have been the heat 
sink and ablation concepts. The latter system 
uses heat absorption with phase change and for 
parabolic re-entry total weight considerations 
indicate it is preferable to the heat sink. The 
difference between ablative and radiative heat 
protection systems is associated with the exposure 
time and level of aerodynamic heating. Ablative 
systems are generally restricted to short duration 
exposure because of the total mass loss. Pure 
radiation systems are capable of longer exposure 
but restricted to relatively low aerodynamic 
heating because of the limitation of materials 
capable of operating at high surface temperature. 
The combination of ablation and radiation in a 
heat protection system has certain possibilities 
for the two-pulse heating associated with parabolic 
re-entry. Detailed discussions of the merits and 
performance of these systems are indicated in 
references l9, 20, and 2l. 

The thermal design of a heat pt"Otection system 
requires knowledge of the environment and loading 
conditions as well as specific materials properties 
and desired performance. Ablation materials are 
available over a wide range of a blation tempera­
tures . Epoxy-base plastics are typical of low 
temperature ablators restricted to an operating 
range between 1, 200-1, 700°F. These materials 
have low densities and thermal conductivities and 
are suited to satellite re-entry where their 
performance as pure sublimers with large trans­
piration contribution to the heat of ablation is 
desirable. Intermediate ablation temperatures 
between 2, 800 and 3, 500°F can be achieved with 
charl'ing plastics which are reinforced to reduce 
the rate at which the char spalls during re-entry. 
High temperature ablators operating between 
4, 300 and 5, ooo°F vary in chemical composition 
and thermal properties and include such materials 
as nylon and quartz reinforced plastics. 



Using the half- blunt cone vehicle for 
illustrative purposes, examination of the isothem,s 
shown in figure 8 indicate that during th,e first 
modulation period a conventional radiation design 
using a refractory metal or ceramic is :not 
feasible. The lower surface temperature on both 
boundaries during the second modulation indicates 
the feasibility of radiation design during that 
portion of re-entry. This then indicatei; the 
possibility of the use of a combined ablation­
radiation design. 

Because of the many ablation matE:rials 
available, parametric studies were undEirtaken to 
determine the influence of variation in both 
density and thermal conductivity variati,ons on 
thermal design. Furthermore, variations in 
design performance due to ablation temperature 
were also studied. For purposes of design it was 
assumed that the basic structural member was a 
honeycomb structure. As will be shown later, 
the material used in the honeycomb structure 
influences the thermal history of the structural 
members used for longitudinal and circumferential 
support but does not directly influence the heat 
shield selection or thickness evaluation .. There ­
fore, evaluation was made using a honeycomb 
structure backed by a semi-infinite thickness of 
a typical low strength, low density fibrous glass 
insulation designed to limit the temperature rise 
at the vehicle interior to approximately 70°F. 
The ablation material was an epoxy bast,d rein­
forced resin capable of operation at 5, OIJ0°F. 
With these ground rules the results of the thermo ­
dynamic design are indicated in figure 9. The 
figure indicates the ablator thickness required to 
restrict the honeycomb structure tempeirature 
to the prescribed values . From a thermal point 
of view, the advantage of allowing the structure 
to attain a high operating temperature is obvious. 
The required thickness of ablation mateidal 
increases with increasing aerodynamic heat input 
and decreasing structural operating temperature. 

Structural Considerations 

Preliminai·y structural designs and analysi s 
were conducted to determine the relativ•~ structural 
advantages of ea ch configuration. Variation of 
maximum operating structure temperature and 
the associated structural material selection was 
introduced as the on! y other significant parameter 
which was independent of vehicle shape. 

Structural integrity was provided, in all 
cases, by a metallic structure behind the ablator 
which was de signed to withstand all loadiLng con­
ditions without consideration of the load--carrying 
capability of the ablator . Each vehicle ,structure 
was designed for both 14. 7 and zero psia internal 
pressure during re-entry. Honeycomb sandwich, 
reinforced with frames and longerons as required, 
was selected as the basic type construction. The 
high rigidity to flexure of this type design provides 
for structural stability and minimizes d,eflections 
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between frames and longerons and the associated 
bending stresses induced in the ablator. 

The use of aluminum, titanium, stainless 
steel, and Rene 41 were each considered as 
structure behind the ablator . The required 
honeycomb sandwich design and weight was 
computed for the blunt face vehicle for each 
material using load and temperature data 
corresponding to the worst design condition in a 
10g lifting undershoot trajectory of 2,800 miles 
down- range distance. The unit weight of structure 
and heat shield are shown plotted in figure 10. 
Structural design comparisons of other large 
areas of the i·eference vehicles indicated a 
similar result. It should be mentioned that in 
certain cases -- particularly using steel and 
Rene -- minimum available sheet gages became 
a governing factor and structural weight was net 
directly related to operating temperatures. 
Figure 10 illustrates that appreciable over-all 
weight saving are possible by operating struc!Lre 
at higher limits, i.e . , the savings in ablation 
material required for insulation more than offset 
increased structural weights over the temperature 
range considered. The maximum temperature 
that may be used in a practical design depends 
greatly on the maintenance of the heat shield­
substructure bond or attachment integrity. This 
depends upon a number of factors such as detail 
design and the criteria for maintaining the heat 
shield on the vehicle and over -all system 
r elia bili ty. 

A complete structural analysis is beyond the 
scope of this paper, however, a few comments on 
the differences and similarities of the design 
problems between vehicle shapes and the use of 
different structural materials is in order. 

The half-blunted cone and lenticular shapes 
required substantial frames to resist the bending 
moments due to internal pressurization. Difficulty 
was experienced with thermal gradients and 
yielding within the frames for the higher tempera­
ture structural designs and tension-tie members 
across the vehicle compartment were used to 
reduce bending moments and frame depth require ­
ments in order to avoid excessive thermal stresses. 
This problem was due primarily to the shapes and 
the internal pressure loads . The full - con e and 
blunt face type body with the non-synimetric 
aerodynamic loading did not present a comparable 
design problem. 

Landing impact attenuation with crushable 
material behind the structure was also considered, 
Here blunt cone and half-blunt cone have an advan­
tage over the other configurations since in the 
former the point of impact, on the vehicle, under 
different vehicle attitudes occurs over a smaller 
a rea thus permitting more efficient usage of a 
limited amount of crushable material and smaller 
internal volume used for this purpose. 



The launc h a r rangement and tie- down 
systems studied showed substantial advantages 
for the axial symmetric bodies (blunt cone and 
blunt face type vehicles). The half cone and 
lenticular shapies resulted in more complex and 
generally heavier booster transition section. 
The lent icular ,shape entails considerable com­
plexity for abort requirements and escape pods 
w e re considered necessary. 

The choic:e of the structural material had 
little significance on the nature of the design 
problems . The, membrane stresses in the 
composite shall (structure and ablator) distribute 

themselves in the ratio of their modulii; 
6 abl/Eabl : 6 str ;E str . Since the structural 

materials considered have approximately the 
same strength- :modulus ratios, each metal may be 

utilized at appr,oximat ely the same percentage of 
its allowabl e st:ress for a given maximwn ablator 
stress. The st:ructural materials considered 
also have approximately the same modulus-weight 

ratios, and strength-weight ratios, and, since 
each was designed to the same loading conditions, 
the rigidities of the sandwich structures were 
comparable . The lighter materials having lower 
modulii and striengths had correspondingly thicker 
sandwich face sheets . 

To explain the nature of the re - entry thermal 
stresses, consider the typical stresses in the 
ablator shown in figure 11 which corresponds to 
a "full restraint:" such as would occur with a rigid 
substructure. It can be seen that the internal 
force ([<f'ct,q) occurs primarily due to stresses 
over a sma:11 layer of material (labeled A) which 
corresponds to temperatures over a range where 
E d'-A Tis appreciable, where E(T) is Young's 
Modulus, d'- (T) is the thermal coefficient of 
expansion, and LJ T the tempera ture rise from 
the zero s t ress temperature . Small stresses 
exist in the outer region B due to the low modulus 
of the degraded (char) material. Small stresses 
exist in the inner region C due to the low expansicn 
term.,)._._ L1 Tin this "cool" region . 

The therrnal stress behavior for different 
ablator thicknesses is further illustrated by the 
stress-time curves shown in figures 12, 13, and 
14 which are obtained from a shell solution 
including the effects of a steel substructure . It 

will b e noted that the stresses on the outer surface 
(0. D . ), mid-point, and inner surface (I. D . ) of the 
ablator all peak a t about the same value* (approxi­
mately E c}.... 4 T) . The peak ablator stresses for 
different thicknesses ( vehicle locations) are all 
approximately oJ the same magnitude, although 
occurring at different times . Qualitatively, the 
peak of figure 1 J. "travels through" the ablator and 
decreases slightly in magnitude as t he " restraint 
of the ablator" decreases with increased penetraticn 
of the degraded plastic layer. 

*The effects of external pres sure cause the peak 

stresses to be slightly greater than that of 
figure 11 . 

It is necessary to consider the relative ther­
mal coefficients of expansions of the structures 
and ablators . The values given below 

Aluminum 
Titanium 
Steel 
Ablator 

c;)._( 10-6 /°F) @ 200°F 

12. 9 
5 
7 

61 

indicate small differences between the structural 
materials compared to the difference be'tween 
the structure and ablator. This, togethe:r with 
the comparable structural rigidities already 
discussed, explains why the nature of th,e thermal 
stress problems in re-entry were fundarnentally 
the same for all the structures. 

The contact pressure or bond stress,e::i a1 e 
shown in each case to be small. The contact 
pressure due to thermal stresses is, ho•.wever, 
dependent on the radii of curvatures of the shell 
and therefore vehicle shape dependent. E'stimates 
of contact pressures can be made by taking ratios 
of r adii of curvatures. Contact s tresses 10 to 20 
times the values shown were found in the study 
but even these values do not appear to create 
design difficulties . 

Weight Comparisons 

The results of the aerothermodynamic and 
structural analysis can b e summarized i:n terms 
of weight. The weight of the heat shield and 
structure for each of the vehicles studied are 
shown in Table I, based upon the use of a 1, 000°F 
Rene structure and charring ablator . 

Within the accuracy of the design analysis, 
the weights of all blunt bodies capable of con­
ventional parachute landing are the same . It was 
not possible to determine an obvious advantage 
between configurations based upon the assumption 
of a fixed internal volume and identical heat shield 
and structural operating temperature. Ot her total 
system requirements may determine an optimum 
configuration for the total mission whi ch was not 
possible from the present analysis . 

The weight penalty associated with the lenti ­
cular configuration capable of conventional landing 

is clearly indicated. It was found that a lenticular 
configuration having a 350 cubic foot volume cru ld 
not develop sufficient subsonic L/D for landing. 
Therefore, a 16 foot diameter configurat:lon was 
studied and the penalty shown. 

The relative increase in heat shield weight is 
a function of down-ra nge distance is shown in 
figure 15. Also shown as a design parameter are 
lines of constant decelera tion from 4 g's to 10 g's. 
Confining attention to the 6 g curve, it is apparent 
that increasing down-range generally prciduces a 
heat shield weight penalty up to a range c,f 13, 000 
miles . This corresponds to a skip-out altitude 

139 



of approximately 750, 000 feet. This results from 
the fact that iucreasing the range tends to increase 
the time for heat penetration into the structure 
and the time for radiation heat loss from the 
vehicle surface. Beyond this range, the radiation 
l oss exceeds the heat diffusion effect and the 
weight requirement decreases . It is also appare:11: 
that for constant range, increasing the deceler­
ation decreasi~s the relative heat shield weight. 
Consequently to reduce heat shield weight, the 
trajectory would be restricted to shorter ranges 
or greater deceleration levels. 

Conclusions 

Blunt bo,dies capable of vertical descent 
when compare•d on a fixed volume basis offer 
little differenc:e in terms of structural and heat 
protection sys,tem weight. The lenticular or 
conventional landing configurations studied require 
greater volume than blunt configur<J.tion and hence 
show a weight disadvantage by comparison. For 
vertical desce,nt vehicles, the choice of configu­
ration may be largely dictated by total system 
consideration:,, such as abort requirements, 
booster interface design, and rendezvous and 
docking with either vehicles in space. 
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The Langley Research Center of the National Aero­
naut ics and Space Administration is cUITently in­
volved in several research programs on man:ned or­
bital space stat ions. This research effort is 
focused on seeking out and solvi ng the problems 
which lie in the we.y of the eventual devel,opment 
of such a vehicle for use as a space labor atory , 
In conducting this research activity, it has been 
necessary to consider many vehicle con:figuration 
designs and operational concepts in some detail, 
The Langley Rese~rch Center space station study 
propram has been in progress for several ,vears , 
and it was consisted of both in- house activities 
and contracted efforts with industry. In the early 
langley Resear ch Center st1.<dies , only zero- eravity 
configurations were considered: however, the re­
quirement for artificial gravity simulation for 
experimental purposes wes soon added. Human 
factors considerations indicated that large dia­
meter vehicles with slow rotational velocities 
g enerally permit the most comfor table living con­
ditions for the crew. The configurations which 
were ~tudied were required to be compatible with 
the planned launch vehicl es such as Saturn., and 
manned spacecraft such as Mercury. 

The most familiar space station confi guration is 
one which is. composed of a tubular rim or torus and 
a central hub whicb is joined to the rim by a series 
of tubular spokes. However, it is obvious, that a 
vehicle with sufficiently large diameter t.o permit 
a moderate level of artificial gravity to be sim­
ulated with a low rotational velocity is lilOt capable 
of being boosted into orbit in one: piece because 
of geome·tric factors . It has often been E1uggested 
that such a vehicle be disassembled , launc:hed into 
orbit, and then reassembled by the crew me,mbers . 
1/ith this concept, all equipment can be installed 
in its ;:,roper place in the various sec dons before 
launch, and, since the vehicle can be con~1tructed 
of any material , adequate protection from the space 
environment can be provided. To obtain an early 
operational vehicle, it was apparent that emphasis 
must be placed on a means of obtaining a large 
vol\lll!e, large diameter stat,ion without thu nec­
essity of ha.vi?¥" the cr ew assemble a numbur of 
smaller units which are launched into orbtt either 
individually or collectively. 

In:flatable or expandable spacecraft designs are 
distinctly advantageous from the standpoint of 
beillf' able to be packaged as a small-volUll~e booster 
payload. The Langley Research Center has done a 
great amount of work on the design and construction 
of inflatable space s tations , Recently, a 24 foo t 
diameter in:flatable station was constructE!d for 
test purposes. This station plus a }\ercury re­
entry vehicle, could be launched into orbH by a 
single booster, and after orbit is eatablilshed, the 

station could be autolll'l.tically inflated. There are 
two priJllary disadvantages of inflatable !';>ace sta­
tions. The first is that equipment ca,not be in­
stalled prior to launch; it must be stored in a 
hub area and moved into position by the crew . The 
second is that the inflatable structure i s not 
sufficiently resistant to penetration by meteorite 
par ticles for long duration missions , 

The Langley Research Center recently develo;ied a 
concept of self- erectine- manned space station 
which combines the best features of both the rigid 
and inflatable space station concepts: i . e . , the 
compactness ·or inflatable/expandable designs and 
the pre-launch equipment installation features of 
the rigid confi1;Urations , 

The concept is a large, multi- manned space station 
composed of six rigid cylindrical sections joined 
by inflatable sections and arranced in a toroidal 
configurations . Three r adial elements of inflat­
able structure join the torus to a central, non­
rotating section. It is sized to be folded into 
a compact. payload ~hich can be launched by a single 
Saturn C- 5 booster (S-IB and S-II stages) . The 
Apollo vehicle, launched with the space station, 
serves onl y as a personnel trans:x,rt and resupply 
vehi cle. Aft er the orbit is successfully estab­
lished, the s t ation can be autoiratically deployed 
without the necessity of havinc men assemble a 
number of smaller uni ts in orbit. ',"hen fully 
ext ended, the station can be rotated to simulate 
gravity in the torus . The crew, launched vi.th 
the station in an Apollo vehicle, will enter the 
stat ion after it has been deployed, to set up 
and check out equipment and begin orbital opera­
tions. 

Some of the characteristics of the basic NASA design 
are shown by t he photographs of the model in F'igure 1. 
This arrangement was used as a "basepoint" configura­
tion for the North American Aviation, Inc. s tudies 
which were performed under NASA contract NASl-1630 . 
During the study period, a close wor\dng relation.ship 
was maintained bei;.)ieen North American Aviat ion and 
the National Aeronautics and jpace Admin:istration to 
insure the evolution of the configuration could in­
corporate the best ideas of both organi zations . 

The general arrangement of the space station is shown 
in Figure 2. Struts , connecting the hub with each of 
the six rigid cylindrical sections, are used to assure 
uniform deployment from the launch configuration to 
the orbital confieuration. The orbital con:figurat ion, 
with the non- rigid sections inflated, results in a 
space s tation with a 100-foot diameter, although the 
diameter could be treated as e variable . The hub 
provides non-
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rotating docking facilities for t he two Apollo 
vehicles which serve as the crew escape v·ehicles 
as well as the personnel transport and resupply 
vehicles. One end of the hub has been enlar ged 
to house a small zero-gravity laboratory. 

This space station l?unch configuration is 
shown in Figure J . The modules a re clust.ered, as 
indicated by the cross-section A-A, and the en­
larged section of the hub serves as the in~erstage 
between the space station and the one Apo,llo vehi­
cle which is launched with the station. This pay­
load can be launched by a single Saturn C:-5 boost­
er ( S- IB and S-II stages) , while the crew transfer 
and resupply mission can be accomplished by means 
of Saturn C-1 or Titan III launch vehicles . 

While the diameter of the initial co,nfigura­
tion was sized by the limited payload capability 
of the Saturn C- 2 booster, it became appa.rent 
early in the investigation that the rotat,ional 
effects on the crew members might be intc,lerable . 
In Figure 4, a number of the parameters affecting 
the man ' s tolerance to the conditions aboard a 
rotatill{; space station have been plotted in a 
manner such that a "comfort zone" is defi.ned. The 
bounds of this comfort zone are determined by four 
parameters - the percent change in gravity between 
the man's head and feet; the space staticin angular 
velocity; the radial velocity; and the radial 
acceleration. It is bel ieved that the change in 
fravity or acceleration between the man ' s: head and 
fee t should not exceed 15% in order to pr-event im­
pairment of blood circulation and to redu.ce the 
discomfort felt when the man chanees the relative 
position of his head and feet by bending over or 
lying down . !'he r ecorranended upper limit on the 
space station angular velocit y is a9proxiroatel y 3 
rpm to minimize the effects of Cor iolis accelera­
tion. Experiments with a rotating room have in­
dicated that 3 r pm, with the human subject at a 
r adius of 40 feet is a toler,ble condition . The 
r adial velocity of the space station should be no 
l ess than 20 fps in order to minimize the change 
in !'ravi t y the man will experience when he walks 
along the rim of the station , The upper l imit on 
radial acceleration, or r ravity, was set at 0. 5 g 
to reduce fatigue; the lower limit is som1ewhat 
arbitrary, it be inf the minimum acceler~ t.ion under 
which normal body processes can continue to func ­
tion . 

It can be seen from Figure 4 that a space 
station radius of 50 feet does not fall within the 
com.fort zone. Conseouently, a radius of 75 feet 
was selected for subseouent space station designs. 
~•ith the increased payload capabilit y of the Saturn 
C-5 booster, this lareer diameter station. can 
readily be launched into a low altitude c,r bit. 

An additional factor in the design c,f the 
self- erectin& space station is the optimum shape 
of the ~odule. A module can be either a right 
cylinder or curved, i . e . , a section of a torus 
which has a circular cross-section , as illustrated 
in Fi.fure 5. A man, walking throurh a cy1indrical 
module , will exper ience a change in fravi ty be­
cause his ustance from the center of rot,ation is 
chanting . Also, toward the end of the Module, he 
will feel as if he were on an inclined f l oor be ­
cause his body alirns itself with the radius vec­
tor. A curved module overcories these problems, 
tvt it is more difficult to r11anufacture and it 
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creates an undesirable launch configuration, Most 
of the difficult ies in the cylindrical module can 
be overcome by use of a stepped floor as shown in 
Figure 5 to approximate the floor in the curved 
module. 'l'nis has been exaggerated in the figure 
to illustrate how this might be accomplished. 

A 150- foot diameter space station, using 
curved modules, was designed. It is shown in 
Figure 6. It has six modules, connected by in­
flatable material, and there are three inflatable 
spokes connecting the hub to the modules. This 
space station is deployed by means of controlled 
pneumatic pressure in the spokes, rather than by 
mechanical actuators which were discussed previous­
l y. I t was subsequently concluded that this was 
not a suitable deployment mechanism because the 
motions of the mod1.4-es could not be closely con­
trolled. Each module of the confiruration has a 
section of inflatable material at its midsection 
which is used to reduce the module curvature in 
t he launch configuration as shown on the right­
hand side of the figure . If the curvature were 
not reduced, the payload cross-section would ex­
tend as far as the dashed line and it would tend 
to cre~te aerodynamic buffet during launch . 

The space station will be continuously sub­
jected to meteoroid bombardll'lent during its life­
time in orbit . Since the inflatable material 
which is used in the design has very poor penetra­
tion resistance, jt has been minimized on all 
designs . 1,iherever inflatable material is used, it 
woul d be lined with penetration- resistant panels 
by the crew members after the station has been de­
ployed. The meteoroid environment which was 
assumed for this study is based on 11/hipples 19S7 
estil'tlate as illustrated in Figure 7, The major ity 
of particles are very small, and cause only a 
gradual erosion of the exterior surface . Of parti­
cular concern are those which ar e sufficientl y 
large to cause a penetration of the structure . 
Thr ough, the use of emperical data on hyper velocity 
oarticle i mpact, a multiwall structure was desi gned 
to reduce the number of penetrations of the space 
station struct ure as much as possible. This 
structure is shown in Figure 8. The out er two 
layers of aluminum skin and glass wood (or poly­
urethane foam) are used only for the meteoroid 
bumber . They do not carry any structural loads. 
All of the structural loads in the modules are 
carried by the aluminUJll honeycomb. Sections of 
the inner wall are welded torether to fonri a 
~res:ure tieht vessel; conseouently, penetrations 
of the outer three lavers of aluminum will not re­
sult in a loss in pre sure within the space station. 
If th is stn:cture were used throurhout the space 
st?tion, it i s estimated that there would be only 
about 10 to 20 penetrQtions per ye:Jr of the inner 
pressure wall of the entire station. 

After an intensive design effort, it was con­
chided t 11at a self-erectill/_ space station could be 
desiLned with a connletel·, rifid rim if the "'odules 
were ;iro';)erly hinc:ed. This conf;guration , Figure 9, 
is deployed bv mechanical actuators located at each 
hinre position . Since the Motion of the modules is 
critical, the depl o•'!1lent must be carefully phased 
to prevent binding of the hinres . Several crude 
models of thi s confi:uration have been made in an 
attempt to demonstrate the feasibility of the con­
cept . 



The spokes, leading from the hub to the rim, 
are of inflatable material and must be l j!.lled with 
panels of rigid structure to prevent metuoroid 
penetration. The hub of this space station con­
figuration is very lar ge becaus e it is designed 
to carry all the loads encountered dt:ring launch. 
'I'he lower portion of the hub is utilized as a zero 
gravity laboratory compartment . Zero gravity is 
created in the compartment by mounting i 1; on bear­
ings and driving it in a direction opposHe to the 
space station rotation. 

Certain requirements, established enrly in 
the North American Aviation study had a particu­
lar influence on the evolution of the space sta­
tion configuration. One of these stipulations w,.s 
that the space station laboratory should be avail­
able as early as possible in order to provide in­
formation on a variet·· of subjects which could 
greatly affect future operations in space. An­
other was that the station must have a one year 
operational lifetime . To accomplish thiB with 
such a large vehicle meant that a very ccmserva­
ti ve design aoproach should be taken. The equip­
rr.ent which is used must be within today• is state­
of- the- art. Since the space station will be the 
first long-duration manned vehicle to be placed 
in space, reliability of operati.on is ex1;eedingly 
important. Consequently, one of the major charac­
teristics which was developed was that o.f a can­
pletely self- sufficient life support syst,em in 
eoch module . Lach module will have its i,wn en­
viromental control s vstem and power supply. With 
this ar,,,roach, a failure in one rr.odule w,,uld not 
jeoparidize eithe r the mission or the lives of the 
crew members . 

The concept of a "shirtsleeve" environment 
has been utilized throughout the space station 
because of the necessity to provide a comfortable 
working environment for the crew member s . Since 
the tour of duty for the crew members of the space 
station will be a minimUJTI of six weeks, ·they can­
not t olerate living in a pressure suit as do the 
crew of Mercury, Gemini, or Apollo. Pre.ssure 
s uits would be worn only in emergency situations. 
The crew n,embers will have free access t ,o all 
parts of the space st.:tion . T'nere will "be press­
ure tight doors and airlocks between each of the 
adjoining sections of the station; howe~er, so 
that if there is a major f ailure in any ,one section 
it can be sealed off from the remainder of the 
station until it can ''e repaired. 

The di ensions of this station are such that 
an internal vclurne of a· :iroxilr:ately 60, 000 c1.1bic 
feet is aYailable. 'ii th such a large volume , it 
is now reason•ble to consider a much lar,ger crew 
than was oritinally planned for the 100- foot dia­
meter st;;tion. 1:Jith an increase in crew size , 
all systens must be resized and dockinf facilitie& 
must :ie provided fo r additional Apollo vehicles , 
since t~ere must be one Aoollo vehicle at the 
station for every three men aboard. Studies have 
sloown that a crew of 27 men can readl.ly be accom­
modated l:y the space station; however, a nominal 
size of 21 was selected on the basis of anticipat­
ed duties and work load on the space l aboratory 
mjssion. 

The multiple vehicle docking facility and the 
zero gravity laboratory compartment have a rreat 
influence on the design of the hub of the space 

station. The Auollo vehicle should have a non­
rotating (with respect to the space station) dock­
ing attachment . Also, the Apollo vehicles should 
be stored in a position near the plane of the 
modules so that the moments of iner tia of the space 
station more nearly resemble those of a disk than 
those of a sphere. 'fuese two reouirements lead to 
the conc1usion that the hub should be as short as 
possible . At the sa~e time, the zero rravity lab­
oratory must be isolated from the normal movements 
of crew members between the rim and the hub. In 
Figure 10, the r ecommended space station configura­
tion is sho,m. It incorporates all the refinements 
'Which have been discussed herein. 

A docking facility to accommodate maximum of 
seven Apollo vehicles is illustrated in Figure 11. 
When the Apollo approaches the space station, the 
docking attachment is driven opposite to the space 
station rotation. The Apollo which was launched 
with the station is moved to one side . The second 
Apollo docks, and is moved to a position diametr i ­
cally opposite the first . The dockinf attachment 
then is permitted to approach the station rotation­
al velocity and the crew merrber s exit to the hub by 
means of tubes which are extended to the Apollo air­
lock. 

Figure 12, a cross-section of the hub, shows 
how the zero fravity laboratory compartment of the 
hub can be isolated from the normal flow of traffic 
between t he rim and the hub. It occupies the low­
er portion of the hub. As in the previous hub 
design , the compartment js suspended by bearinrs 
and mechanically driven op 1osite to the direction 
of the space station rotation. The exact method 
for the suspension and drive has not yet been 
worked out, but it is apparent that the syst0 m must 
provide some means of isolatinr the compartment 
from low magnitude distrubances in the motion of 
the space station. 

Although tiAA placed ')rir.lary emphasis on the 
confi£Uration analysis in this study, the many 
systems which would com;'ose the operational soace 
station were also designed. In all t hese technical 
areas, particular effort 11as de voted to developinf 
an approach which would provide the utmost relia­
bility in a very early time ,eriod. Only systems 
wl ich are well within the state-of- the-art were 
considered , 

A typical exauole of this a,proach is found 
in the design of the environmental control s-·stem. 
tP-ch module has a complete system, independent of 
the other modules, so that a failure in arry one 
module will not result in the loss of the crew 
members i board the station . fue environmental 
control s· stem is semi- closed, i . e . , it must be re­
supplied_ on a periodic basis with ox-·fen, ni troren, 
and a small amount of water. Consideration was 
riven to the use of a completely closed svstem, 
which has two primnry advantages - lirhter ~,eight 
and no resu_.,ply reouirement - for lOJ1€- dt'ration 
missions. It was found that for a six-week r::ssion 
on tho space station, -.he weirht of the seMi-closed 
s:,stem was ecual to the weight of a closed s vsteri, 
incl1·din[ the additional weirht in the no;.·er s,·stem 
real"ired for the clectrol;vsis of water. !),spite 
the obViously desirable character,stics of the 
closed s:vster.:, it was concluded th t the serii­
closed system was More desirable :or ,·se in an 
early time period. Oxyc;en re~ eneration eouiorr.ent, 
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just now in the ea1·ly stages of developmE,nt, will 
not have had sufficient operational ex-per·ience 
bv the 1966 time period to completely establish 
its reliability. 

Bach module has its 01-,11 power system to provide 
the necessary electrical energy for all the equip­
ment within the module. Several power sources -
fuel cells, solar cells, nuclear reactors, and 
solar dynamic units - were studied for possible 
application to the s;,ace station, Unly the solar 
cell system was able to meet the reouirem,ents for 
availability and reliability as weli as the l!llmy 
other factors associated w:i. th the selection of a 
s .. stem, A solar cell power -ystem is very expen­
sive and requires a very large array area in 
order to provide t 11e 17 kw peak power load for 
the space station: consequently, it is no· re­
co;-1mended for use in a later t i me period ~hen the 
reliability of the other systems would be estab­
lished . The 1esigns of the other systems were 
similarly established: however, these wer,e not 
particularl y unique and will not be discussed 
fur':her here. 

It has been foun•i that the space :station .esi '1l 

which was presenteri. hc.!·t~in : ..... ~ fl -~1st- · ·ry i. ··~ 1 
..,_,. 
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FIGURE 1. ERECTION SEQUENCE 

FIGURE 2. INITIAL CONCEPT 
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aoout 121,000 pounds, includill[" aLl the equipmen. 
which would initially be placed in the station. 
The Apollo vehicle - command module, service 
module, and launch abort tower - which is launched 
wit¾ the space station plus the required intel'­
stage structure bring the total launch weight to 
approximately 150,000 pounds. Thus, the SD.turn 
C-5 (S-IB + S-II staees) can readily launch the 
space station into a low altitude orbit, and a 
Saturn C-1 or a Titan III booster can be used to 
resupply the station and to transfer crews at 
scheduled intervals. For short crew mission dur­
ation, large numbers of C-1 boosters are required 
for crew t ransfer on the 21-man station, as shown 
in ic'igure 13, In order to m:i.m:i.mize the number 
of boosters required, the crew mission duration 
must be i ncreased or the crew si.ze must be de­
creased. The other means of overcoming this nro­
blem i'! to develop a multi-man locistics vehicle 
which could be used to transport all crew members 
to the station in one launchi ng. 

NAA has taken a very conservative design approach 
in this study. The use of more advPnced systems 
or techniques would result in a rlecrease in the 
s pace ntation weight, but only at th~ expense of 
a decrease in the level of confidence associated 
with its operation. 
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The structural problems of re-entry 
occasioned by aerodynamic heating are now 
generally well known . Typical of these 
heating problems is the environment ex­
perienced by the manned lifting vehicle 
re-entering from a low altitude orbit . 
Figure 1 sho~s typical curves of lower 
surface temp,erature as a function of time 
for a wing loading of 25 lbs/ft2, and a 
lift-drag ratio of 2 . 5 . The two curves 
cover a practical range of re-entry 
angles, the lower curve representing an 
ideal re-entry path with zero dive angle 
and the upper curve assuming a 2° error 
in the re-entry angle . Maneuvers for 
course change or correction are also 
added to the upper curve . 

Significant factors from this curve 
are the relationship between the maximum 
temperatures and the capabilities of 
available me·tallic material, and also the 
long re-entry time /ind its effect on total 
heat load . If a very shallow re- entry is 
made , maximum lower surface temperatures 
reach 2000°P which is just within the 
range or conventional superalloys. To 
accommodate practical re-entry angles 
and maneuvers , however, the temperature 
capability must reach about 2500°F which 
requires refractory metals . The re-entry 
time may be as high as 100 minutes, which 
gives total heat loads of approximately 
40,000 BTU/irt2. A heat load of this mag­
nitude , with equilibrium surface tempera­
tures of th1? values shown, suggests that 
a lighter a:lrframe can be constructed by 
dissipating the heat by radiation from 
the surface, rather than by absorbing it 
with a heat sink, or surface cooling, or 
ablation. 

Air For,ce programs to provide air­
frames for this type of environment have 
involved the parallel development of a 
number of different structural concepts . 
The development to be discussed here was 
carried out by Bell Aerosystems Company 
for the Fabrication Branch, Manufacturing 
Technology Laboratory, Directorate of 
Materials and Processes, Aeronautical 
Systems Division, Wright-Patterson Air 
Force Base, Ohio, under Contract 
AF33(600)-40100 (Double-Wall Cooled 
Structure) . 

The Bell concept involves the use of 
an aluminum alloy airframe which is of 
essentiall:,r conventional construction and 
which is pt•otected from the effects of 
heating by an external insulation system 
and an inteigral cooling system. The in­
sulation sEirves to keep the heat away 
from the aluminum airframe thereby gener­
ating surface temperatures sufficient to 
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radiate almost all of the heat back to 
the atmosphere . This system is shown 
schematically in Figure 2 . 

The program to be discussed 1.n this 
paper f ollowed earlier Air Force and 
company-sponsored efforts to develop this 
type of construction and was dire:cted par­
ticularly at the development of methods 
for manufacturing the various structural 
elements . It began in December 1959 and 
was completed in the Summer of 1961 with 
the strength and thermal testing con­
ducted at Wright-Patterson Air Force Base 
of a typica l full - scale airframe section . 
The work involved analysis devel<>pment 
and testing, of the various compi,nents, 
the materials and t he associated manu­
facturing techniques . Small ass1~mbl1es 
were then built to check the conc::epts 
and develop additional data, and finally 
a full - scale specimen was designed , con­
structed and delivered to Wright Field 
for testing . Most of th.e progra1m was 
devoted to development of the construc­
tion with a 2000°F temperature capability. 
Initial steps to extend the capabil i ty to 
2500°F were also made, but since this part 
of the development is not yet complete it 
Will not be discussed in this paper. 

Referring to Figure 2 it will be seen 
that the insulating system which protects 
the aluminum airframe consists of a layer 
of insulating material, which is suitably 
packaged, and a series of external sur­
face panels which are fabricated from 
high temperature materials . Because of 
the long flight times it is necessary to 
use very efficient insulating ma.terials 
such as powders or fibers , and t.hese have 
no structural capability. Accordingly, 
the surface panels provide the ,1ehicle 
contour and resist aerodynamic forces . 
Panel construction is used rather than a 
complete shell in order to accommodate 
thermal expansion relati ve to the support­
ing internal structure , which iB main­
tained at a temperature of approximately 
200°F. The insulation is sufficiently 
efficient to dissipate by radiation, ap­
proximately 98% of the convective heat . 
The remaining 2% of the heat, which does 
penetrate through the insulation, is more 
than can be accommodated by the internal 
structure , however, so that a lc::>w inten­
sity liquid cooling system is integrated 
into this structure . 

From this point it is convenient to 
discuss separately the development of the 
three principal components of the con­
struction; the primary structure with its 
cooling system, the insula tion material 
and its containing package , and the sur­
face panels . 



The cooHng system consists of a 
closed loop circuit running through all 
elements of the primary structural skin 
and carrying a low freezing point propy­
lene glycol coolant which is circulated 
by a small pump. The coolant picks up 
heat from the skin and transfers it to a 
heat exchangEir which is also ;:>art of the 
circuit . Water is introduced into the 
open side of the heat exchanger, the heat 
is absorbed t:rom the glycol mixture by 
evaporation of the water, and the result­
ing steam is expended overboard . A cool ­
ing system ot' this type is very efficient 
since the heat absorbing capability 
matches the heat input precisely at all 
points in the structure and at all times. 
Since it is eissentially an active mechan­
ical system, however, it requires con­
sideration of' reliability, and appropriate 
provisions in the design . In the present 
work such provis i ons include duplication 
of pumps, sea.ls and certain elements of 
the heat exchanger . 

A number of methods of integrating 
cooling passages into the aluminum load 
carrying skin have been investigated and 
two of these methods were developed ex­
tensively. The most promising is shown 
in Figure 3. The cooling passages, which 
are about 7/16" wide and . 05" deep and 
spaced about 3" apart, are integrated 
into the stru~tural skin and this has 
been accomplished by using i nflated tubed 
sheet in which two thin sheets of material 
are metallurgically bonded together by hot 
rolling, except in the areas where cooling 
passages are required . These unbonded 
areas are then hydraulically inflated to 
the required passage shape . This type of 
material is commonly used in the refriger­
ation industry for which soft aluminum 
alloys suffice. For the airframe applica­
tion, in which load carrying capability 
is required, it was necessary to develop 
the technique using the higher strength 
aluminum alloys . This work was carried 
out under subcontract by Reynolds Metals 
and was accomplished with 2024-clad 
material. The soft cladding served to 
form the metallurgical bond between the 
two sheets, a:nd it also provided protec­
tion of the inside of the cooling pass­
ages against corrosion by the glycol . 

Another a,spect of the tubed sheet 
development program involved modifica­
tions of the .inflation methods so that 
passages of different heights could be 
produced in an individual sheet . The 
large variations in passage area which 
were possible by adjusting both height 
and width permitted the incorporation of 
both cooling passages and distribution 
manifolds within the skin. In addition 
it was possible to incorporate various 
lengths of passage of restricted cross 
section in order to control the flow dis ­
tribution. Aa a result of the work con­
ducted by Reynolds these sheets have been 
made available in the high strength alu­
minum in sizes up to 8 1 long and 2' wide 
and with a minimum thickness of . 040" . 
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In addition to the tubed sheet, a 
method of brazing aluminum tubing to the 
structural skin was also developecl using 
6951 alloy. Elemental tests 1~ere made on 
small samples incorporating both c:ooling 
systems, and these included compre:ssion 
and shear tests on small stiffened speci­
mens to study the effect of coolir:1g pas­
sages on local buckling strength, acoustic 
tests, and coolant flow tests to measure 
pressure losses. The data obtaine·d from 
these element tests were used to establish 
the basic structural sizes for the: primary 
structure of the end item test specimen. 
Such details as sl<in thicknesses, stringer 
geometry and spacing, frame geometry and 
spacing, and cooling system circuitry were 
established, and then a more extensive 
mechanical test program was set up, on 
large panels of both f uselage and wing 
construction, to determine the effect of 
the cooling system on the load carrying 
characteristics of the structure , and the 
effect of structural loads, buckles and 
deformations on cooling system peI"formance . 
The program consisted of a number of com­
pression and shear panels each of which 
was 3 ' square, and both inflated tubed 
sheet samples and brazed tube-on-sheet 
samples were included. Control specimens 
involving the same structural stif'fening 
but with plain skins were also i ncluded . 

Figure 4 shmrn t he results of these 
tests in terms of failure loading. From 
these results it will be apparent that the 
introduction of the tubed sheet material 
did not reduce the load carrying capacity 
by more than 5%. The brazed tube-on-sheet 
panels gave substantially reduced strength 
values principally due to brittleness re­
sulting from the brazing operation . A 
typical shear panel under load is shown 
in Figure 5 . Coolants were circulated 
through these specimens during the tests 
and pressure drops were determined . After 
several loadings to limit load i n which 
the skins containing the integral passages 
were buckled , it was found that permanent 
reductions in coolant flow rates did not 
exceed 5%. 

A larger specimen, as shown in Figure 
6, was then constructed, principally to 
check coolant flow distributions and the 
methods to be used for designing the cool­
ing system circuits . The specimen con­
tained curved sheets typical of tht? pro­
posed fuselage so that it served also to 
develop the manufacturing techniques for 
stretch-forming the inflated tubed sheet. 
This was accomplished on a Hufford stretch 
press and it was done after the cooling 
passage had been inflated. Hydrau:lic pres­
sure was contained within the passages to 
prevent collapse during forming of the 
sheet . 

The test specimen shown in Figure 6 
was 6 1 long and 4' wide and contained 
primary structure skin with both inflated 
tubed-sheet and the brazed tube-on--sheet 
forms of cooling system. Typical ~:truc­
tural stiffening was also added on the 



underside o.f the specimen. The specimen 
was heated ,d th radiant lamps at low in­
tensity corresponding to the heat load 
that would normally penetrate through 
the insulat:ion. rt was also coupled to 
a pump, heat exchanger, and a propylene­
glycol reservoir, and measurements were 
made of coolant flow rates, pressure 
drops and temperatures . From these tests 
it was found that aluminum skin tempera­
tures were below 250°F and coolant flow 
rates and temperature increases were 
essentially as predicted. Accurate pre­
diction of the coolant distribution in 
the various passages was not achieved, 
however, due to variations in the pas­
sage cross section and variations between 
laminar and turbulent flow in various 
parts of the circuit due to differences 
in passage shape, flow rate, viscosity, 
etc. Fortunately, with this type of 
cooling system, large safety factors 
can be applied to analyticallf deter­
mined flow rates at no cost in weight 
of coolant material and at negligible 
cost in pumping power . The coolant 
pumps for a, complete aircraft, for in­
stance, weigh only about 2 lbs . and re­
quire less than 1 HP so that overdesign 
in these areas is not critical. 

The sec:ond phase of the program in­
volved the development of insulating 
media to be used between the outer wall 
and the prj_mary structure. The work pro­
ceeded in two parts; the development of 
insulating powder and the development of 
metal packages to contain the powder, 
both for 2200°F operation. 

The poHder de\lelopment, which was 
carried ou1; for Bell by Arthur D. L1 ttle, 
Inc ., was based on the use of very fine 
powders to exploit the low pressures at 
altitude to achieve what is effectively 
a vacuum insulation. The work began with 
theoretical studies of the conduction of 
heat through fine powders and included 
such items as selection of material con­
stituents and examination of material 
stability at various temperatures, pres­
sures and densities. The principal 
material was aluminum oxide powder and 
other ma te"t•ial s were added to reduce 
radiant heat transmission by absorption 
and scattering . Studies were made of 
powder settling under mechanical vibra­
tion to determine the minimum acceptable 
density, and conductivity measurements 
were made on the final mixture over a 
range of temperatures and pressures . 
Figure 7 shows the results of th1s work 
for a powder density of 12 lb/ft3. A 
typical value of lower surface pressure 
experienced during lifting re-entry is 
0 . 7 mm of mercury and an average surface 
temperature is about 1800°F. For these 
conditions the product of conductivity 
and density for this material is about 
one-third of the value attainable with 
typical cc,mmercial insulations for the 
same tempe·ra ture range. 
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In order to contain the insulation 
powders, metal foil packages 24" sq. and 
about 3/4" thick were developed, Oxida­
tion tests were conducted on potential 
foil materials using different a1loys and 
thicknesses, and in conjunction 111ith the 
insulating powder to check for chemical 
reactions . As a result of these tests 
. 003" thick annealed Inconel mat,~rial was 
selected. 

Figure 8 shows a typical pac:Kage in 
its final form. Holes are provided so 
that the clips which support the external 
surface panels can pass through the insu­
lation. Special filters, which can be 
seen as elongated shapes in the figure, 
were developed and installed so that the 
package could be vented of pressure dur­
ing vehicle boost to altitude. 'This was 
accomplished, after a number of experi­
ments, without loss of the very fine 
powders and without the entry of moisture . 
Since the air diffuses only very slowly 
through the fine powder, it was necessary 
to use a relatively large number of fil­
ters and to arrange each one to penetrate 
the full thickness of insulating material . 
Methods were developed for welding the 
foil gauge material using special whee l 
type electrodes, and methods for filling 
the insulation package with the powder 
were also devised . The filling process 
was based on fluidizing the powder with 
an airjet, in conjunction with vibration 
of the package to cause powder settling. 
The required density of powder was deter­
mined by weighing. 

Initial package concepts wer-e based 
on the use of an unstiffened foil bag, 
but it was found that venting tc, achieve 
zero pressure differential between the 
inside and the outside of the package 
could not be accomplished . Accordingly, 
very light stiffening consisting; of beads 
and hat- section stiffeners was 1.ncorpo­
rated into the side, or cool surface, of 
the package . This is the top surface in 
Figure 8. The hot side of the package is 
not stiffened but instead is maintained 
in contact with the inner surface of the 
external panels . This is done by utiliz­
ing springs to keep the packages pressed 
against the surface panels . The springs 
serve also as the package support and they 
accommodate fabrication tolerances and 
thermal distortions, and pro\lide a long 
conduction path to minimize the leakage 
of heat into the aluminum structure. 

The final item of development was con­
cerned with the outer wall panels which 
form the exterior vehicle surface . A 
typical panel is shown in Figur,? 9 . It 
is 12" sq. x 1/4" thick, of bra:z;ed honey­
comb construction, with . 0045'' ·thick faces 
and a stepped edge so that adjacent panels 
can overlap . Each panel is supported from 
the aluminum primary structure by four 
sheetmetal clips spaced on 6 11 c,enters and 
which accommodate thermal expansions by 
flexing while still positively resisting 



any applied loads. Adjacent panels are 
positioned with a .2" gap to accommodate 
thermal expansion due to the 2000°F sur­
face temperature . 

Brazed honeycomb construction was 
selected as the lightest form of panel 
construction on the basis of a number of 
design studies involving welded and 
riveted constructions, corrugation stiff­
ening, etc. The brazed construction is 
believed lightest for a panel which must 
have bending strength in all directions . 
If the panel is supported continuously 
along two edges, so that bending strength 
is necessary only in one direction, then 
corrugation stiffening may be satis­
factory but the continuous edge support 
permits an unacceptable amount of heat 
leakage through the insulation . 

With emphasis on oxidation resistance 
rather than strength the materials se­
lected for panel construction were Haynes 
25, a cobalt base alloy, and Inconel 702, 
a nickel base alloy. Material testing 
was conducted to develop strength, oxida­
tion, and embrittlement data at various 
temperatures and after various exposure 
cycles. Some typical resul ts are shown 
in the following table which gives ulti­
mate strength and elongation values for 
the two materials after a thermal expo­
sure representative of total vehicle life . 
Oxidation, of these materials, is inter­
granular rather than surface scaling and 
the degree of oxidation is therefore 
expressed as a reduction in useful thick­
ness of the materi als, measured at the 
point of maximum oxidation penetration. 

PROPERTIES OF INCONEL 702 & HAYNES 25 
AFTER 5 HOURS AT 2000°F 

Inconel 702 Haynes 25 
70°F 

Fro(psi) 90,000 123,000 
e(% in 2") 24.5 21.0 

2000°F 
Fnl(psi) 6,100 12,000 
e%in2") 13 . 0 3.5 

% Intergranular 
Oxidation 2.0 42. 0 

The table s hows the strength superiority 
of the Haynes 25 and the superior oxida­
tion resistance and ductility after ex­
posure of the Inconel 702 . 

Bending tests were conducted on ele­
ments of brazed sandwich material in 
order to select brazing alloys and to 
verify the brazing procedure, and on the 
basis of this work GE-J-8100 was selected 
for brazing of all panels . The bend 
specimens indicated that in a brazed 
sandwich element very little oxidation 
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occurs at the inside faces of the material 
due to the inadequate supply of oxygen. As 
a result the inferior oxidation resistance 
of the Haynes 25 alloy, indicated in the 
above table, becomes less significant, and 
the Haynes 25 elements showed over twice 
the load carrying capability of the In­
conel 702 elements . 

Typical flat and curved outer wall 
panels were also fabricated and thermal ly 
tested as a final check of materials and 
fabrication processes. A special multi­
station brazing facility was constructed 
for this purpose. Four stations are pro­
vided for simultaneous assembly, purping, 
brazing and cooling so that four panels 
can be in operation simultaneously. A 
travelling furnace moves to each station 
when the panel is ready for brazing and 
the total panel fabrication cycle takes 
30 minutes. 

With the development of individual 
elements complete, the 6 1x4 1 test speci­
men which was described earlier was modi­
fied by the addition of a complete set of 
insulation packages and outer wall panels 
and the complete assembly is shown in 
Figure 10 . The second phase of testing 
with this assembly was conducted to check 
the overall conductance of the entire pro­
tect i on system wi th various constant tem­
peratures applied to the external surface . 
The test program included surface tempera­
tures of 1600, 1800 and 2000°F and heating 
was supplied by standard GE filament type 
quartz lamps mounted in water-cooled alu­
minum reflectors. The heat flux through 
the protection system i nto the aluminum 
was determined by circulating coolant 
through the cooling system in the alu­
minum skin, and measuring the coolant 
flow rates and temperature rise . The re­
sults expressed in terms of heat flux at 
various outer wal l temperatures are shown 
by the appropriate curve in Figure 14 
where a comparison is made ~ii th analytical 
predictions using the measured thermal con­
ductivity ror the insulation powder . The 
test results and the corresponding ana­
lytical curve are based on sea level ther­
mal conductivity values. 

Initially, the target temperature for 
the entire program was 2000°F and initial 
testing of the 6 1x4 1 specimen was con­
ducted to these temperatures. Excessive 
oxidation and warpage of many of the outer 
wal l panels resulted from these tests. Ex­
tensive detailed investigations were con­
ducted to determine the cause of these 
troubles. It was found that the oxidation 
was caused partly by overheating, due to 
faulty control of the heating elements , 
and partly by contamination of the panel 
material by residual brazing flux . The 
11arpage was traced to a combination of 
excessive temperatures, nonuniform tem­
perature distributions across the panel 
surface and braze softening and remelt 
temperatures which were lower than had 
been expected . These problems were 



eventually resolved by instituting panel 
cleaning procedures to remove the resi­
dual brazing flux, and by reducing maxi­
mum test temperatures to 2000°F to avoid 
the remelt problem and to provide a 
tolerance for heater operation. 

As was mentioned previously, the high 
temperature surface of the insulation 
package 1s unstiffened and after the 
tests on the 6 1 x4 1 specimen this surface 
of each package was found to be wrinkled . 
This was expected since provision was not 
made in the design for thermal expansion, 
apart from wrinkling of the metal. It 
was found, however, that these wrinkles 
creased sufficiently in limited areas to 
cause pin holes in the package material 
with corresponding loss of insulating 
powder. Modifications were introduced, 
therefore, to incorporate beads into the 
hot surface and along the package edges 
in order to accommodate thermal expan­
sion . Considerable improvement was 
achieved but the problem was not com­
pletely resolved. 

Using the data accumulated during the 
development programs described above, the 
final test component was designed and 
fabricated . This component is a full 
scale section of a typical glide re­
entry vehicle, containing a portion of 
wing and fuselage. It is 15' in span, 
8• in chord and approximately 5' high . 
It consists of an aluminum airframe, with 
skin stringer construction for the wing 
and frame stiffened skin and longeron 
construction for the fuselage . Inflated 
tubed sheet in 2024 alloy is used as the 
skin material . Figure 11 sho1~s the pri­
mary structure under construction. One 
upper side of this specimen was covered 
with packaged insulation and external 
surface panels, fabricated from both the 
cobalt base and nickel base alloys. 
Eighty-six panels were used to cover the 
test section. The cooling system was 
connected to a pump, heat exchanger and 
reservoir assembly, and the specimen was 
instrumented with thermocouples, to 
measure surface panel temperatures and 
temperatures in the aluminum structure, 
and also with flow meters, pressure pick­
ups and thermocouples to measure the per­
formance of the cooling system. Figure 
12 is a photograph of the complete speci­
men as it was shipped to Wright Field for 
testing . 

The test program involved loading 
without heat, representative of the cri­
tical conditions experienced during the 
early stages of boost, with loads applied 
to fixtures attached to each wing tip and 
to each end of the fuselage. Load tests 
were followed by heating tests at various 
maximum temperatures to 2000°F, during 
which temperatures were held constant 
with time . These constant temperature 
tests served to check the oxidation and 
thermal expansion characteristics of the 
protection system, and the insulating 

capability of the system was also deter­
mined for comparison with predictions . 
This was done by measuring the coolant 
flow rates and the coolant temperature 
rise and making appropriate corrections 
for heat leakage around the edges of the 
specimen . 

The constant temperature tests were 
followed by transient heating and loading 
representative of the conditions experi­
enced during a complete flight . The heat 
and load cycles which were applied are 
shown in Figure 13 where it will be seen 
that the effects of pilot induced ma­
neuvers have been included . Five such 
re-entry cycles were applied to the test 
specimen . 

Results of the test were generally 
satisfactory although slight scaling type 
oxidation of some of the surface panels 
was experienced and very local areas of 
braze separation were noted in some of 
the surface panels . Local panel damage 
was also experienced at two places due 
to electrical shorts in the heating sys­
tem and arcing to the test specimen sur­
face. Maximum temperatures experienced 
in the aluminum structure 1·1ere 234°F and 
no significant hot spots were found at 
the points where the surface panels are 
attached to the aluminum structure . 
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The performance of the heat protec­
tion system is summarized in Figure 14 
which shows a comparison between the pre­
dicted heat flux into the aluminum struc­
ture at various surface temperatures, with 
measured values . It will be noted that 
the predictions agree well with measured 
values from the fuselage of the fina l test 
specimen and also with measurements made 
on the 6 1 x4 1 test specimen . Data taken 
from the wing of the final test specimen 
gives higher values of heat flux than the 
analytical predi-ctions, and although many 
possible reasons for this discrepancy are 
being investigated no satisfactory answer 
has been found. Since all testing was 
done under sea level conditions and pres­
sure has a significant effect on the in­
sulation performance, the figure also 
shows the analytically predicted heat flux 
to the aluminum structure for a pressure 
of .5 mm of mercury, typical of that ex­
perienced on the lower wing surface during 
glide re - entry. This analytical curve is 
based on measured conductivity values . 

The final measure of performance of 
the thermal protection system, which is 
being deve loped in the program under dis­
cussion, is the weight required for par­
ticular applications . Figure 15 shows 
weight values of the complete protection 
system for various constant surface tem­
peratures and times of flight . The weight 
values include all elements of the protec­
tion system and assume a square wave heat 
pulse . For applications where the ex­
ternal heating is not constant with time, 
it is satisfactory for preliminary weight 



estimat es t o use the maximum surface tem­
perature that is expected and to use an 
equivalent time of flight whtch wc,uld 
give the same area under the temperature­
time diagram. 

Figure 15 is divided into two areas . 
Below the broken line the lightest weight 
is achieved if insulation is used alone, 
without the cooling system, while above 
the line the minimum total weight is 
achieved by using the optimum proportions 
of insulation and cooling . From this 
figure it will be apparent that typical 
protection system we ights for lift~ng re­
entry vehicles are about 2 . 5 lb/ft , 
which must be added to the weight of the 
load carrying aluminum primary structure . 

Measured weights of the outer panels 
are .97 lb/ft2 and the insulation package 
complete with powder weighed 1 .04 lb/ft2. 
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Measured weights of the cooling system 
have no significance since many of the 
units were laboratory equipment and were 
not designed for aircraft applications. 
Design studies of the cooling system, 
however, show a weight of . 46 lb/ft2 of 
cool surface, a value which includes the 
heat exchanger, tanks, pumps, plumbing 
and the residual coolant in the system. 

The program also involved initial 
development work of refractory metal sur­
face panels as a step in the development 
of the concept for a 2500°F temperature 
capability. Other programs supporting 
such a development are presently under 
Air Force sponsorship while preliminary 
development work to increase the capa­
bility to 4ooo°F, using nonmetallic 
materials , is being carried out under 
Bel l sponsorship. 
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Figure 10. 6'X4" Protection System Test Specimen 
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Introduction 

The major requlrement for a re- entry material 
is that it protect the vehicle from the aero­
dyna'llic heating associated uith re-entry. A 
relatively short time aGo, the term re- P.ntry 
brought to mind a ballistic type trajectory and 
its characteristic heat pulse . Today, ho11ever, 
a variety 01' the17lal re- entry conditions are 
comon due to the various types ot vehicles cur­
re,tly of interest . Extremes of re- entry heat­
ing- time conditions vary from the relatively low 
heat flux- long time pulse associated with glide 
and shallow orbital re- entries through high 
flux- short t.ine ballistic re- entry to the very 
high heat fl.ux- ooderate ti;1e pulse associated 
with super c,rb.i.tal r e- ,mtry, tlat~rials for 
providing thermal protection, therefor e, vary 
consider ably· dependin~ upon the type of re-
entry heat- 1.irne pulse . From a functional stand­
point, ther.nal protection materials !f'.aJ be di­
vided into t.wo types; aisorptive and radiative. 
The absorpt:i.Ye material dissipates heat by stor­
a,:;e (heat stnk) or mass t r ansfer and cherrical 
change ( ablation, transpiration or subli'l\ation) . 

Ablation materials have been fully investi­
gated for ballistic re- entry conditions; how­
ever, much less e.f fort has been ex:pended on abla­
tion materials for the low flux- long time heat­
ing condition associated w::.th the glide and 
shallow orbital re- entry vehicles . The long 
time pulse increases the irnportilr\ce of the mater­
i.:ils ' resistance to heat transfer and at the low 
flux the re.Lative ablation or heat dissioation 
ef.'iciency of manJ materials is gr3atly ~fected. 
Corisideralil1? material development and testing is 
currently b·? Lni; comiuc ted for this low flux- long 
time heatint condition . '·!any of the mat.er::.als, 
:onposites ,!l.nd techniques showinc pronise are 
::onsiderabl;y different .fron those utilizea !'or 
ballisti: r,?- entry; however, details can,ot be 
discussed at this time . 

With th,e rauiative method of thermal pro­
tection, the re-entr/ heat is dissipated by 
radiation fron the material's surface to the 
cooler surroundings such as the surface of the 
earth, clouds, etc . This is, in e;eneral, a 
very eff~ctive method o~ heat ?rotection with 
hi;_:h reliab_li ty an:! we::..:;ht e:'fic ... ency due to 
its si.--i lic.i.t 1 anu the !'act that no :nass is lost 
as with ablation , Also the materials can , in 
many cases, be reused for subsequent fliGhts . 
Utilization of the radiative method i s 1.ii-.ited 
to the lo.rer heat fluxes due to the "1QX.U':IW11 

temperature res.:.stance of avail:ible materials . 
At equ:.libr iwn, the material attains a te·1pera­
ture sufficient to ra\..iate all the incident re­
entry heat, less the small amount o!' heat wh.i.ch 
flows into the vehicle . Ap:prox,.,nately L20::>0 1" 
is curreritl.y the hii;hest te,perature at 1-.tiich 
any moderately proven flight material can operate 
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for relatively long t:iJ!les in an oxidi;~ing atmos­
phere. Assuming a material ei~ittance of o.S a 
flux of appro:d.mately 130 fil'U/Ft2 / Sec ,, will ' 
cause a well insul ated material to aUain this 
li"lit of L200°F. 'Therefore, above th:i.s flux an 
absorptive or combination absorptive- r.adiative 
system is required . Many re- entry vehicles 
or portions of re- entry vehicles, particularly 
of the glide and shallow r e- entry typi~, encoW1-
ter f luxes below this li:nit; therefor e, in­
creased enphasis is beinc placed on the radia­
tive methoJ of themal protection . 

Materials for Radiative Pr otection Systel!IS 

The higher the tcnperature at which a radia­
tor can operate the hi&her the flux at which it 
can be used . The basis for design of efficient 
radiation cooled components must, ther efore, be' 
materials capable or operatinf; at high te:npera­
tures. The cobalt and nic.><.el base super alloys 
such as HS- 2S, :nconel X, F.ene ' Ll, etc . , pro­
vide the hi~hest tem?erature resis~ant Materials 
of the conventi onal alloy systems , The melting 
point of alloys of this type ranges from a::,prox:­
bately 23S0°F to 2SS0°F . The necessity for 
extending operatin[; te:::;Jerat.ures past this range 
has led to the co11t1ercial ae·nlopment , with con­
siderabla support from £;0·1ern,'lent acen-::ies, of 
more refractory materials s;s terns . 

Consid9ration of materials syste:ns w'ii-::h 
night pro,ride the basis for the nore refractory 
materials required w~s based initially U?0n 
melting point and availability . Some or the 
material systel!ls fulfillL~g ~~P,se ~rit1r~a , their 
meltinc points and an esti."':a:.e of their a· Lro:c.­
mate maxim\ll'I\ useful te.1perat.ure are indicated i.n 
Figure 1 . Developnerit and utiliz2tic,n of these 
refr actory materials for structural cir se;r,i­
structural purposes is beset by ma.'lJ problr.ms . 
These proble·1s are bein- stud'ed at t.he r.resent. 
time and there are indica:.ions that t.he:r w:.11 be 
r esolved, at least in part , 'l'he pres;ent sLate 
of develop:~ent of these mater~ah , the problems 
involved in their anplication in structures and 
areas in which adaitional dev•~lopr1ent, is re­
quired will be described . 

Molybdenum 

Due to its abundance, particularly in this 
country~ and its high meltin& temperature 
(ti7300FJ , nolybdenWI! was the first of the more 
refractory netals to which attention was direc­
ted. Structl.U'eJ.ly, alloys of molybdenum have 
many acivantacesi a high elastic modulus ( aoprox­
imately LS x lJU psi at room tenperature) ; 
reasonably hi~h strength both at room and elevat­
ed te.~pcrat)Jre (Fieure 2) ; moder ate density, 
0 . 369 LB/rnJ, at l east compared to some of the 
other refractor y materials; good th•:rtnal con­
ductivity; and a low coe:ficient of thermal 
ex,;,ansion. As the develo!)nent of mo1yb<i.enUJll 
base alloys proceeded, oroble.11s in applying these 
alloys to engineerinr, str uctttres wer,: presented. 
Today, some ten years after many of the probl-e!'IS 
were d~fined they have not yet been ~esolved . 



One :,ajor problem is that the ductile- to-
bri ttle transition temperatur·e of .molybdenum and 
its alloys is near or above room te1r,peratu.re. A 
plot of ir,1pact strength, reduction of area. and 
bend angle versus tempera .ure is preserited. in 
i-'igu.re 3 . This transition is characterized by a 
pronounced loss in ductility, a striking decrease 
in fracture strenr,th and a chance in mode of 
failure from a ductile shear rupture to a brittle 
cleavace or grain boundary fructure . This be­
havior imposes proble.r.s in handling and fabrica­
tion. To avoid brittle fracture durinG forming , 
all but the most simple operations must be per ­
for!'led at elevated temperature, sii=.;nifican tly 
adctinr: to the dii'ficulty and cost of produ.c:ing 
structural assemblies . 

A second major limitation in the appli.cation 
of molybct 3num alloys which is related to the 
1'lechanical behavior previously described is the 
brittle behavior of fusion welds . Inabili.ty to 
produce structurally acceptable welded joints 
severely limits design and almost invariably 
res'.llts in structures which are less efficient 
and more difficult to fabricate . 

An additional problem area arises from the 
chenicaJ. activity of molybdenum, At temp€•ra­
tures aoove about 1200°F, molybdenum begiri,s to 
or.idize at a sii;nificant rate . At approx.i.mately 
J1So°F the oxide melts and provides no protec­
tion to the metal. At ter,;perat.ures above this, 
the oxide sublimes and oxidation proceeds at a 
catastro,ihic r ate . In order to utilize this 
material at elevated te!1perat.ure, oxidation 
pr otection m11st be provided. 

A number of reasonably good protective! coat­
ings have ~en developed, all basically si.li­
cides, si:nilar in nature and a:1plied by somewhat 
siirilar processes . Unfortunately, the applica­
tion of t!"<ese protective coatin&s is not simple 
and requires careful preparation of the parts to 
be protec\,ed . Coatin6 growth occurs normu to 
the surface and any abrupt chanc.:es in section 
or sharp corners or edges lead to development of 
cleavage planes in the coating in these areas 
and lack of protection as illustrated in 
Figure 4 , To prevent this , all corners and 
edges must be rounded and in addition the parts 
and assemblies must be adequately cleaned and 
kept free of contamination prior to coating 
application. 

S01~e of the protective coatings developed 
for molybdenum utilize the pack cernentation 
process which involves packing around the part 
or assembly a powder containing the consti. tuents 
required to fonn the silicide coating. The re­
tort containing the powder and parts is then 
heated to the temperature required to produce 
the desired reaction. The throwing power of 
this coating method is limited . Complex assem­
blies such as corrugation stiffened paneli; con­
taining internal openings whose ratio of length 
to cross- section is high cannot be adequately 
coated. Adequate p rotection of formed sheet 
assemblies of this type is best provided by 
coating all of the detail parts and fasteners, 
assembling the structure and then recoating to 
repair any areas of the brittle coating which 
ma,y have been damaged during assembly. 
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At the present time, reliable protection by 
the sil icide type coatinbs, which are the best 
thus far developed, is limited to temperatures 
of about Jl00°F. This temperature is below that 
at which molybdenum alloys could presently be 
utilized. 

Molybdenum alloy structural assemblies can be 
fabricated and used successfully if the lL'llita­
tions of the material are considered when the 
de3ign is developed. A small mol,,'bdenum alloy 
assembly which was successfully tested at 2500°F 
under load is sho,m in Figure 5. 

ColU!llbium 

The previously de5cribed problems which limit 
the use of molybdenum base alloys have caused 
materials en.;ineers to investirate other of the 
refractory metals . Colu.~oium, which has a slight­
ly lower melting point than molybdenum (447S°F 
compared to 4730°F) , is less dense (0. 310 com­
pared to 0 .369 LB/IN3), exhibits ductile behavior 
at sub- zero temperatures (Figure 6) and is oxi­
dized more slowly, has for about the past five 
years received the attention of metallurgists. 

A large number of columbium base alloys have 
been developed . These alloys generally can be 
divided into two classes, the moderate strength 
alloys which are being produced conmercially and 
for which, in some cases, there are guaranteed 
properties and t hose alloys which a?pear to 
offer much higher strength but which cannot be 
purchased at present . These two classes of 
alloys might better be described as first and 
second eeneration; the second generation has 
not yet matured . 

The available columbium base alloys have 
only moderate strength at room and elevated tem­
perature as shown in Figure 7. However, these 
alloys are weldable, are formable at room tempera­
ture and in gener al are not difficult to produce. 

The newer, higher strength alloys provide 
some indication of the growth ~otential of colum­
bium, These alloys have two to two and one- half 
ti.mes the strength of the first generation 
alloys at elevated temperature (Figure 8). Un­
fortunately, this increased strength is not al­
ways achieved without loss of other properties . 
For example, F48, one of the earliest high 
strength alloys developed strength by sacrific­
ing fusion weldability and room temperature 
formability. Also, preliminary tests indicate 
that fusion welds in the C- 129 alloy are not 
ductile . A great deal of additional evaluation 
will be required before the hich strength alloys 
can be applied to structures. 

The mechanical behavior of the moderate 
strength columbium base alloys is superior to the 
molybdenum alloys in that the columbium alloys 
are weldable and easily formable , however, the 
strength of these alloys certainly leaves some­
thing to be desired. The high strength columbium 
alloys approach the structural efficiency and 
also reflect some of the poor fabrication charac­
teristics of the molybdenum alloys , 



The chemical activity of columbiWTl" so far as 
oxidation is concerned, is lower than molybdenum, 
but columbiwn alloys are not sufficien1r.ly inert 
at elevated temperature to precl ude the require­
ment for oxidation protective coating. The 
oxidation of col umbium results in two different 
types of reactions . The first involves the 
formation of an oxi de layer on the surface of 
the metal, gross oxidation . The second involves 
diffusion of oxygen into the base metaJL, inter­
nal oxidation, and results in significant 
hardening of the ai'fected area and embrittlement. 
/my oxidation protective coating for columbiwn 
must provide protection against both types of 
oxidation. 

Two basic types of high temperaturei r esistant 
pr otective coatings have ::ieen developed for 
columbium base alloys to date; alurainide and 
silicide coatings . The aluminide coating is 
produced by applying an aluminum alloy slurr y, 
somewhat like an aluminum paint, to thei surface 
of the columbium, air dryin,; and then dii.ffusing 
at about 1900°F to develop the pr otecti.ve inter­
metallic coating . The silicL.1e coatin~;s are 
applied by the pack ce:nentation process similar 
to that used for molybdenum alloys. 

The aluminide coating at present is. limited 
to maximum operating temperatures of about 
2700°F, whereas the silicide coatings can be 
used at temperatures up to approximately 3100°F. 
The aluminide coating, as a result of the method 
of application can be used for protecti.on of 
complex assemblies such as those shown in 
Figures 9, 10, 11 and 12. The silicide· coatings 
have the advantage of producing a very uniform 
coating thickness , but current processe,s limit 
the complexity of components that can be reliably 
protected t o relatively simple configurations . 
ln applications requirini;; very close dimensional 
control such as threaded fasteners , the silicide 
coatings perform v~ry well . Exar.iples of the 
uniforro.ty of this type of coating are shown in 
Fi&'ll'e 13. 

As in the case of molyl,denum, adequate oxida­
tion protection of complex columbium assemblies 
starts with the design . All edges and corners 
must be rounded and the completed assem.bly must 
be clean at the time it is presented for pr otec­
tive coating. Due to their complexity, many 
components cannot be adequately r ecl eaned after 
assembly, therefore, the detail parts ar e cleaned 
and must remain clean during assembly . This is 
by far the most difficult aspect of the pr oblem. 

Tantalum and Tungsten 

The two remaining r efractory metals , t.antalum 
and tungsten, are of considerable interest be­
cause of their potentially hieher useful opera­
ting temperatures, in the order of 4500°F and 
52000F respectively. ~either of these metals 
has received the attention previously a£forded 
t o molybdenum and columbium. Both mate,rialj 
have a relatively high density, 0. 600 LE:/IN for 
tantalurr. and 0.697 LB/IN3 for tungsten. This 
high density limits the structural efficiency of 
alloys developed from these bases. 

The mechanical and chemical behavior of 
tungsten is similar to that of molybdenum. It 
has a very high ductile- t o- brittle transition 
temperature as shown in Figure 14, welds in 
tungsten are brittle, it oxidizes ra~idly at 
elevated temperature and has a hieh elastic 
modulus as shown in Figure 15. High strength, 
fabricable tungsten base alloys have not yet 
been developed nor have effective hi[h tempera­
ture oxidation protective coatings been developed. 

The mechanical and chemical behavior of 
tantalum is similar to columbium. It has a very 
low ductile- to-brittle transition te~.perature; 
lower than that of col umbium, as sho,,n in 
Figure 16; it is weldable; has a moderately 
high elastic modulus as was shown in Figure 15, 
and like columbium it suffers f rom gross and 
internal oxidation and inust be protectively 
coated . 

Recently some high strength tantalum base 
alloys with reduced density have beer, develoi::ed 
which, on a streni;th/weight basis, compare quite 
favorably wi th the higher strength columbium 
alloys. Preliminary properties for one of these 
alloys (Ta- J0Cb- 7. 5V) and the older 1a- 10W alloy 
are compared with a high strength columbium 
aJLloy in lic:ure 17. A present r estr ict ion in 
the use of tantalum alloys is the luck of pro­
tective coatines . Based upon its close chemical 
similarity t o columbium, it is anticjpated that 
the coatings developed for col umbium will also 
be applicable to tantalum, out very little test­
ing has been done thus far . 

An alu.~inum- tin coating has been developed 
for arplication to tantalum base alloys, but 
only limited testing of this coating has been 
co:npl eted . This coatini; appears to t,e self­
healing, however, this is accompl ished by the 
p1·esence of a liquid phase at high temperature 
~hi.ch somewhat li.11its its use. 

I n gener al, the early s tage of development 
of both tungsten and tantalum base alloys limits 
most present applica.,ions for radiation cooled 
structures. 

Graohite 

Gr aphite is a common mat~rif.l and has numer­
ous industrial uses; however , it is also one 
of the most refractory of materials, being 
li.m:ited by its sublimation tam~erature of approx­
imately 66oo°F. Althou,;h a variety of &rathites 
are available, high density, fine gr ained, con­
ventionally formed; hot presi:ed; and pyrolytic 
are the three types of graphite of primary inter~ 
est for aer ospace use . Conventional graphite is 
currently being evaluated at K~C for nose tip 
and leading edge applications for hyper sonic 
glide re- entry vehicles . Conventional gr ai_•hite 
.ias selected over the pyrolytic and hot pressed 
t ypes primarily due to cost, availability, and 
in the case of pyrolytic gr a~hite, su~erior 
thcrnal shock r esistance. 



General characteristics of graphite are: 

(a) Very hieh temperature r esistance . 

( b) Easily machined. 

(c ) High strength to weight ratio at high 
temperatures (strength increases with 
increasing temperqture ). 

(d) Good thermal shock r esistance . 

(e) '3.rittle . 

(f) I.ow s trength . 

(g) Must be used in thick sections . 

(h) :1ust be protected .from oxidation ( oxi­
dation at high temperatures, how,ever, 
is not catastrophic). 

(i) Parts must be machined f r om mold,ed 
blocks or cylinders except in th,e case 
of pyrolytic where it is deposit,ed on 
a mandr el. 

The inherent brittleness and low strength of 
graphite can be accounted for in the design of 
the part, with the attachment provisions irequir­
ing particular attention. A graphite leading 
ed13e incorporating an effective attachmen1~ 
design is shown in Figure 18. This leaves oxi­
dation protection as a prirnar-1 problem to be 
overcome in order to effectively utilize ibhe 
high temperature resistance of graphite . Silicon 
carbide, produced by siliconizing graphite, has 
proven to be an effective oxidation proteetive 
coating for graphite up to 3100°F with the oxi­
dation product, silica, being the actual oxida­
tion protective film , rr.eans of increasing the 
temperature limit of silicon carbide coat:i.ngs 
have been investigated at i1AC and an overcoating 
of zirconia has proven to be effective . The 
zirconia inter acts with the silica formed when 
the silicon carbide is heated in air and forms a 
mixture ;ihi<:h is more refractory than the silica. 
This coraposit will resist removal by aerodynamic 
shearing stresses at temperatures well above the 
3100°F softening point ol' silica . 'lased upon 
considerable testing, this composite coating 'Will 
prevent oxidation of gr aphite at 4000°1" for 
periods of at least 15 minutes, will sati~;fac­
torily withstand very high heating rates, high 
noise levels, at least two cycles of r apid heat­
ing to 4o00°F and moderate surface erosion 
forces . However, in order to reliabl y wit;hstand 
the above environment, the zirconia coating must 
be scored or applied to undercut graphite due to 
the appreciable differential expansion coeiffi­
cient between graph te and zirconia . Figure 19 
shows a typical nose tip specimen after testing 
at 3800°F. Although br ittleness is one or the 
major disadvantage~ of graphite, a thennal 
shock or mechanical failure of a test part has 
yet to occur in the many tests conducted t.o date. 

Oxide Ceramics 

The oxide ceraJ11ics are very desirable for 
use at high temperatures due to their excellent 
chemical sta:,ility and temperature resistance; 
however, brittleness and lack of thermal shock 
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resistance greatly limits their usefulness . 
Various investigators are working on means of 
overcoming these two limitations and considerable 
advances have been made . Some of the a9proaches 
showing promise are very low expansion bodies, 
metal reinforced cerair~cs, modified foams and 
bodies made f r om controlled grain size powders . 
Continued advances in some of these areas should 
result in production of bodies satisfactory for 
use to 5ooo°F. 

A method for utilizing currently available 
oxide cc ~amics for hypersonic glide re- entry 
vehicles nose tips has been investigated at MAC. 
This rnethod utilizes adjacent, small diameter 
oxide cer amic rods held in a graphite or molyb­
denum retainer as shown in Figure 20 . In this 
case , the ceramic rods are utilized at the area 
of maximum temperature, thus the retainer attains 
a somewhat l ower temperature . By utilizing the 
oxide ceramic material in the form of individual 
small elements, the thermal shock problem is 
greatl y alleviated. A coarse grained, relatively 
porous and partially stabilized zirconium oxide 
has prcven to be the most satisfactory oxide 
ceramic investigated and is useful to at least 
4200°F . Figure 21 shows a 611 diameter test spec­
jmen after rapid heating to 4100°F, exposure to 
150db white noise at room temperature and re­
heating to 41.00°F . Heating rates were approxi­
matel y 50°F/Sec. in both cases and the test time 
was 15 minutes . This specimen contained some 
300 zirconia rods 0. 250" in diameter and four 
1" cube zirconia blocks . The two primary func­
tions of the blocks are to provide a lip over 
the retainer for added thermal protection and to 
form a hexagonal recess which is the best pattern 
i'or installing the rods . Normally the blocks 
would extend around the entire retainer periphery; 
A chemically bonded zirconia cement was used to 
fill the interstices between the rods in order to 
provide a smooth surface . The blocks, rods and 
retainer .are mechanically locked together at the 
hase by a complex method. 

Present and f ~ture vehicle temperatures 
exceed those at which the nickel and cobalt base 
super alloys can be used for radiation cooling. 
Jt will be necessary to utilize more refractory 
materials in these applications . The use of 
these refractory materials is limited by the 
reliability and maximum operating temperatures 
of the available oxidation protective coatings . 
Development of protective coatings which can be 
appli ed to complex assemblies and which provide 
reliable protection at higher temperatures is 
the most pressing problem in the field or r e­
fractory materi<ils at the present time. 

Refractory materials are not generally off­
the-shelf items , lead time for delivery is long 
and close coordination with the producers is 
required to obtain material ',,i th required 
properties . 

}lany hardware i terns normally taken for 
granted such as nuts, bolts and rivets are not 
avai lable in these materials as standard prod­
ucts . These items must be designed and custom 
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made . Lead time for these products can be qui te 
long. 

COMPARISON OF MELTING POINTS, USE TEMPERATUR:E LIMITS 
AND APPROXIMATE COST OF HIGH TEMPERATURE M,11.TERIALS. 
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Maintaining tight schedules in develop;nent 
progr~ns utilizing refractory mater:als is di:fi­
cult and can he accom~l:i.shed only by working very 
closely with d ie ::atP.rial Dr oducers . 

EFFECT OF SHARP AND ROUNDED EDGES 
UPON THE FORMATION OF PROTECTIVE COATINGS 
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FIGURE 5 . PROTECTIVELY COATED 
MOLYBDENUM ALLOY ASSEMBLY 
STRUCTURALLY TESTED AT 2500°F. 
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v-- --( 
80 

.;; ;f. II) 

~ cl 60 ... 
I 

- REDUCTION IN AREA 

"" >- cl 
C> 

~ °' ... z z ... 0 ... ;::: 40 u u 
cl ::::, 
"- a 
~ w 

"' 
20 

£ 
IMPACT 

( 

I 
,/ / 

-400 0 400 800 1200 1401() 160() 

TEMPERATURE (°F) 

FIGURE b . 

ULTIMATE TENSILE STRENGTH (GUAR,~NTEED) 
OF MODERATE STRENGTH COLUMBIUM BASE 
ALLOYS AS A FUNCTION OF TEMPERATURE 
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FIGURE 8. ULTIMATE TENSILE STRENGTH OF HIGH 
STRENGTH COLUMBIUM BASE ALLOYS AS A FUNCTION 
OF TEMPERATURE. 

FIGURE 9. PROTECTIVELY COATED F48 

COLUMBIUM ALLOY STRUCTURAL 

COMPONENT. 
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FIGURE 10. PROTECTIVELY COATED F48 

COLUMBIUM ALLOY SKIN PANEL FOR 
STRUCTURAL COMPONENT (INTERNAL 
SURFACE) . 

FIG URE 11. F48 COLUMBIUM AL LOY 

COMPONENT DURING STRUCTURAL TEST 

AT 25000F. 

FIGURE 12. PROTECTIVELY COATE D D -1 4 
COLUMBIUM ALLOY COMPONENT AFTER 
EXPOSURE AT J 900° F. 
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GRAPHITE LEADING EDGE 

FIGURE 19. UNDERCUT SILICONIZED 
GRAPHITE TEST SPECIMEN COATED WITH 
ZIRCON!A AFTER TESTING AT 38000F. 



REFRACTORY O X IDE CERAMIC ROD 

NOSE CAP DESIGN 

COATED SHELL (GRAPHITE)~ -

-- \-
-) 

-I -

PARALLEL 
TUBES 

(ZIRCONIAI 

/ 
I 

I 
I 
I -, \ 

I I 
I I 
I I 
I I 

/ 

I I 
I I 
I I 

/ 
/ 

-- ----

FIGURE 20. 

1 
I 
I 
I 
I 
I 
I 
I 
I 
I 
I 
I 
I 
I 

r­
I I 

I I 
1 I 
I ·1 i., 

+-, 
I I 
I I 
I I 
I I 

I I 
I I 

RETAINER RING 
(COLUMBIUM) 

FIGURE 21. ZIRCONIA ROD TYPE NOSE TIP AFTER SECOND TEST AT 4100°F. 

166 



SOME A.BJRI' TECHNIQUES AND PROCEilJRES FOR MANNED SPACECRAFI' 
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Introduction 

This paper is concerned with our pr esent state 
of knowledge on the procedures and effectiveness of 
aborts from manned orbital and lwiar missions . By 
abort is meant a deliberate or unintentional ter­
mination of the primary mission followed by an 
expedient return to earth of the payload (space~ 
craft and crew) . A deliberate abort may be initia­
ted if a critical component failed and thus 
impaired the probability of mission success or the 
crew' s safety. Examples of this kind of abort are 
failure of the launch guidance system or the oxygen 
and cabin pressure system. Also, an unintentional 
abort may occur during the launch phase due to the 
complete or partial failure of one of the lawich­
vehicle stages to operate . For each mission every 
conceivable set of circumstances must be considered 
and evaluated to see if an abort of the mission is 
called for and to determine what sequence of events 
should occur to bring the spacecraft and crew 
safely back to earth with the highest probability 
of success . Factors which must be considered are: 
how to specify and sense an abort condition, how 
much fuel should be put onboard the vehicle for 
abort purposes, what size and kind of rocket 
engines are best suited for each mission, and what 
compromise is incurred due to other mission require­
ments? If an abort occurs , the optimum time of 
application as well as the magnitude and direction 
of the velocity changes must be determined before­
hand and the crew must be clearly informed of what 
action is required or what the situation is so 
that they can decide the proper action . 

It follows then, that mission abort considera­
tions are not simply of academic interest, nor do 
they play a minor role in the overall requirements 
of the vehicle design, For example, in the Mercury 
program the mission analysis group spends four 
times as much effort on planning for abnormal mis­
sions as. they do for the normal missions . From 
their experience we know that in the atmosphere 
the most critical factor is the lateral and nega­
tive accelerations that may occur if the spacecraft 
tumbles during abort at high dynamic pressure , 
Once outside the atmosphere, the reentry decelera­
tions may be high but usually are not critical, 
and the more important consideration will be in 
landing the vehicle in a specified recovery are~. 
Regardless of what happens, both the spacecraft 
and pilot must be conditioned to survive a wide 
spectrum of emergency conditions . While the people 
who obtain funding for space projects must opti­
mistically point out what can be achieved if the 
lllission succeeds, a group of pessilllists must con­
sider what to do to save the crew and the space­
craft if the mission fails , 

In this paper some of the abort considerations 
applicable to manned missions such as Apollo and 
Gemini will be discussed with occasional reference 
made to the techniques used in the p resent Mercury 
program. It should be clearly understood, 
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however, that the information to be presented repre­
sents research data obtained by many groups e.nd 
does not necessarily represent any final decision 
on the abort techniques that may be used in these 
programs . A number of published reports on the 
subject of extra-atmospheric aborts are listed at 
the end of the paperl to 11. Many other papers not 
suitable for general publication (such as Mercury 
and Apollo Working Papers) have provided background 
material. While only a review of the subject is 
given herein, most of the details can be obtained 
from the referenced papers . 

Atmospheric Abort 

The atmospheric phase of launch will be treated 
only briefly since a great deal has already been 
written and said about procedures for the abort of 
a manned spacecraft at the two most critical con­
ditions within the atmosphere: Off-the-pad and at 
high dynamic pressures . For the purpose of abort 
at these conditions, the Mercury spacecraft uses a 
set of tower-mounted solid rockets . The tower and 
rockets went through an extensive series of tests 
early in the development program and are now con­
si dered one of the most reliable systems connected 
with the Mercw-y spacecraft, However, two impor­
tant changes have been considered for improving 
this system. 

The question often arises as to whether an 
escape tower with rockets that pull the spacecraft 
off the launch-vehicle is the best way to do the 
job, or whether pusher-type rockets should be used. 
After investigating the various alternatives to the 
escape tower, the conclusion to date is that no 
better alternative exists for the contemplated 
Apollo configuration. However, the Gemini space­
craft will probably not use the escape tower but 
will use ejection seats for the crew in the event 
of an abort at altitudes below 20,000 to 
4o,ooo feet. 

One aspect of the present abort tower, however, 
will probably be improved . An illustration of 
this aspect is the case in which the launch-vehicle 
and spacecraft have reached a lawich velocity of 
2,000 or 3,000 rt/sec and an abort is required. 
The fuel flow to the lawich-vehicle is shut off and 
by using the tower-mounted rockets, the 5pacecraft 
is separated from the launch-vehicle with an ini­
tial separation velocity of say 4oO rt/sec. Imme­
diately following separation then, the spacecraft 
is subjected to a dynamic pressure somewhat greater 
than that of the launch- vehicle while the weight 
or inertia of the launch-vehicle is about 10) times 
greater than that of the spacecraft . Even with a 
tumbling launch-vehicle, this difference in inertia 
and dynamic pressure would be enough to cause the 
launch-vehicle to overtake the spacecraft in 5 to 
10 seconds . For this reason the "thrust line" of 
tbe escape rockets does not pass through the cen­
ter of gravity (eccentricity), and thus a pitching 
moment is produced and the spacecraft is given a 



component of velocity away from the trajectory of 
the launch-vehicle. 

The present shortcoming with this arrangement is 
illustrated in figure l . If the launch-vehicle is 
tumbling, then the pitching moment applied by the 
separation rocket (8c of fig . 1) may be completely 
or partially cancelled by the pitching momen~ of 
the launch- vehicle- spacecraft combination eb and 
the result llill be a subse4uent collision . On the 
other hand, if the spacecraft were able to sense 
the direction of rotation (pitching and yawing 
velocity) at the time of abort, and the rotational 
velocity imparted by the separation rocket were 
applied in approximately the same direction 
9b + Be, then sufficient clearance would be pro­
vided. This type of control would be a refinement 
to the atmospheric abort system and studies of such 
a system are now being made . 

Suborbital Abort (Extra-Atmospheric) 

Decelerations during entry.- One aspect of the 
Mercury launch program which may not be too well 
known is the fact that if an abort occurs at a 
launch velocity of 14,ooo to 16,000 rt/sec, the 
spacecraft, without lift capability, will undergo 
as much as a 16g reentry. Although 16g is not 
critical for reentry from a launch abort, it may be 
of interest to examine how even lower values can be 
obtained. 

An indication of the maximum entry decelerations 
following an extra-atmospheric abort is shown in 
figure 2 . This figure, taken froml with some 
details deleted, shows the maximum deceleration 
that ;;ill be reached for a nonlifting entry when 
the trajectory conditions are measured at an alti­
tude of 394,000 feet (120 km) . Although the fig­
ure does not cover a sufficiently '.dde range of 
flight -path angles and applies only to nonlifting 
entries, it does illustrate the sensitivity of 
deceleration to flight -path angle over a wide range 
of velocities . (Similar curves are also given in2 
for flight -path angles up to 20° based on a refer­
ence altitude of 300 ,000 feet and for values of 
L/D from Oto 2 . ) For most orbital or lunar 
launch trajectories, the critical area of this fig­
ure lies between velocities of 14 ,ooo and 
18,000 ft/sec for it is here that the combination 
of state variables {altitude, velocity, and flight ­
path angle) usually leads to the highest decelera­
tions on entry following an abort . Exact values 
of deceleration will vary with different launch 
profiles, but for manned missions this is not a 
desirable region to undergo launch-vehicle staging 
if it can be avoided. Some consider~tions of prob­
lems of this type are discussed in3, 4 . 

Optimum time and direction for corrective 
thrust .- If an abort does occur outside of the 
atmosphere at suborbital velocities and the space­
craft is e4uipped with a rocket engine and fuel, 
then the decelerations at entry .may be reduced by 
proper use of the fuel available . The proper time 
and direction for the thrusting maneuver can be 
illustrated with the aid of figures 3 to 5 taken 
from5 . 

In figure 3 is shown a typical variation of 
altitude with time for a spacecraft following a 
suborbital abort . For this example, the spacecraft 
can produce a lift -to-drag ratio L/D of 0 . 5 once 
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i nsi de the atmospher e and, in addition, is e4uipped 
with a rocket engine capable of thrusting for 
11.05 seconds and producing a velocity increment of 
3,000 rt/sec . This 6.V may be applied in any 
direction, and at any time along the coast trajec­
tory up until the time of entry . Seven possible 
positions are indicated on the figure where tbe 
rocket could be ignited . The last posi tion coi n­
cides with the initial buildup in deceleration, 
which occurs at a relative low altitude due to the 
large flight -path angle ( -200) and low velocity 
{14,000 ft/sec ) at entry. 

The effect on the entry decelerations of applying 
the thrust at these various positions is shown or 
figure 4. On the left of figure 4 is the maximum 
deceleration measured during the entry plotted 
against the dir ection of thrust application for 
four of the seven positions considered in figure 3 . 
The curves for positions 4, 5, and 7 lie in between 
those shown for positions 3 and 6 and have been left 
out for simplicity. The data show that the decelera­
tions are minimized if the thrust is started at pos­
ition 6 and applied at an angle of about 100° to 
the initial velocity vector . The results also show 
that applying the velocity change at the time of 
abort (position 1) is the least effective of the 
cases considered. 

On the right of figure 4 a formula i s given for 
the impulsive velocity change 6V producing the 
maximum cbange in flight -path angle tsy . The values 
of ~ obtained by this formula are sho;m with ticks 
on the curves of figure 4 and, as ma.y be seen, give 
a good representation for the minimums of these 
curves . 

The data of figure 4 indicate that the optimum 
time to apply this thrust is just prior to the 
buildup of dynamic pressure during the entry. How­
ever, sufficient time must be allowed for (1) the 
rocket to finish thrusting, (2 ) separating the 
rocket from the spacecraft (if re4uired), and (3) to 
reorient the spacecraft for entry prior to an exces­
sive buildup of dynamic pressure with the associated 
high rates of heating and deceleration . Therefore, 
it is necessary to Jmov, among other things , how 
sensitive is this "optimum" condition and how do 
these results change with various sizes of rocket 
engines . In order to answer these 4uestions , the 
data from figure 4 have been plotted in figure 5 
showing maximum entry deceleration as a function of 
dynamic pressure at the time of rocket ignition . 
Figure 5 also shows similar data for several other 
thrust levels . In all cases the total velocity 
change was 3 ,000 rt/sec, the initial vehicle weight 
was 7 ,ooo pounds, and an L/D of 0 .5 {or O) was 
used during the atmospheric pullout . Since the 
lower thrust levels reg_uire the longer burning times , 
the data indicate that low-thrust engines must be 
started at a higher altitude than the higher-thrust 
engine. The exact values l.'111, of course , change 
somewhat with different entry conditions . 

Vehicle attitude control.- If a set of assump­
tions are made as to the shape, etc . , of the manned 
spacecraft, then a se4uence or procedure for reori ­
entation can be postulated fer aborts at suborbital 
veloci ties , and a study can be made of some of the 
factors involved in the use of a rocket for maneu­
vering prior to entry . 

Such a study was recently performed at the NASA 
Langley Research Center and will be reported in 



more detail i n6 . For this study it \o/8.S assumed 
that : 

1 . The lll8lll'led vehicle was a blunt- faced 
spacecraft . 

2 . The rocket eng;l.ne discussed in the preceding 
section \o/8.S located on the face of the beat shield 
of the spacecraft similar to the retrorocket now 
used on the Mercury spacecraft. 

3 , The spacecraft center of gravity was offset 
so that, in the atmosphere, the spacecraft would 
trim at an angle ~ of 33° with respect to the 
relative wind. Tbe resulting aerodynamic force 
1rould produce a ratio of lift-to- drag L/D of 0 ,5, 
The vehicle would be rolled to direct this lifting 
force in the proper direction for both side- force 
and for "negative" lift , 

An instrument used in this study to describe the 
motions of the spacecraft to the pilot is shown in 
figure 6. The instrument is sill!Ply -a two-needle 
synchro with an illlage of the spacecraft on one 
needle and a "velocity vector" on the other needle. 
This instrument gives information on the angle of 
attack ~, the flight -path angle 7, and the !l.l'lgle 
of the spacecraft with respect to the local hori­
zon e and covers a range of 36o0 with a read-out 
accuracy of about 1° or 2°. Such an instrument 
supplements the normal flight instruments and is 
generally r eferred to as a "situation display . " 
It is indicative of the feeling of many researchers 
in this field that new situations often require new 
instruments to describe adequately the flight con­
ditions to the pilot . 

A typical sequence of maneuvers follo'Jing an 
abort at suborbital velocities is illustrated in 
figure 7 . A typical t r ajectory profile is shown 
in the upper portion of the figure "1th the orien­
tation of the capsule shown at several ~ey positions 
on the trajectory. In the lower portion of the 
figure the pil ot ' s display at chese so.me positions 
is sho.m . If the pilot and crew are in an upright 
position* with respect to lccal horizons at the 
t1me of abort, then a positive pitch maneuver of 
about 100° is required in order to fire their 
rocket in the optimum direction . The pilot will 
normally have several minutes in which to make this 
maneuver while coasting well above the eartb' s 
atmosphere. During this time , the vehicle should 
also be rolled 18o0 (the sequence of pitch+ roll 
or roll+ pitcb is optional) so tbat, following 
burnout of the maneuver rocket, onlJr a pitching 
maneuver will be required to orient the spacecraft 
in tbe proper attitude for entry. This final 
pitching maneuver requires an angular change of 
about 67° (from an angle of attack of 100° to an 
an!(le of 33°) and may have to be done very r apidly. 
Since the available thrust is most effectively used 
just prior to entering the atmosphere, the elapsed 
time between tbe end of the thrust and the begin­
ning of the high atmospheric beating rates may have 
to be kept necessarily small . 

*During the boost phase and under "zero-gravity" 
conditions, there is nothing unique about an 
"upright" position . On the other hand, tbere does 
not appear to be any overpowering reason to change 
the position of the crew to any other position 
either . 
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Tbe minimum time required to make these maneuvers 
is primarily a function of the control power of the 
spacecraft ' s attit~de control system. In the sim­
ulation program ofO, it \o/8.S found that vhen pilots 
wer e presented with the aforementioned reorientation 
problem, they used the maxi.mum pitch rate capability 
of the spacecraft even when the spacecraft's auto­
matic damping system was inoperative. A typical 
time history of one of these maneuvers is shown in 
figure 8 . In the case shown, the spacecraft had a 
rate command system .nth a ma.ximwn pitching rate of 
6.2 deg/sec. Similar results were also obtained 
"1th maximum rates of 12. 4 and 18.6 deg/sec. In the 
example shown in figure 8 , the heating rates would 
have already become extremely high by the time the 
maneuver was completed. However, in simulation 
programs, it is usually necessary to give the pilot 
an incentive for high performance . For this reason, 
the pilot was forced (in the simulation) to perform 
the maneuver very close to the atmosphere. If he 
failed to complete the pH.ch maneuver before the 
buildup in dynamic pressure, the spacecraft became 
aerodynamically unstable and uncontrollable. In 
actual flights the high heating rates would precede 
this condition of instability and would undoubtedly 
provide the same incentive. 

Range after suborbital abort . - Exact values for 
the ra:uge t~aveled by the vehicle following the 
abort will depend on the launch trajectory and char­
acteristics of the spacecraft L/D and w/cr;S. 
However, some results on a blunt-faced spacecraft 
with L/D of 0 . 5 are indicative of the general 
trends that can be expected. (See6 ,7 . ) Figure 9 
sb:iws a typical launch t rajectory with. the trajec­
to~ies th~t would be followed if aborts had occurred 
~hen the launch velocity was 12, 15, 18, 21, and 
21+ thousand feet per second. Associated with each 
abort trsjectory, there is a footprint of available 
landing sites which ca.ri be reached by varying the 
L/D and the corrective thrust 6V prior to entry. 
Only one such footprint is illustrated in figure 9. 
These footprints can be characterized by shape, 
width, ler_gth, and the down-range distance from the 
launch site to some reference point on the foot­
print . Taking these characteristics L~ their gi ven 
order, some ranee md cross-ro.nge data are given in 
figures 10, 11, anJ 12. In figure 10 is shown the 
genera 1 sbc>ye of the available footprint obtained 
by a pilo·c u.sinG an L/D = 0 . 5 ll.Dd restrained to 
not exceed entry decelerations of iog. The differ­
ence between the maximu.~ and mlrdmum available 
longitudin~l range L determines the length, the 
ma.xilllUJll lateral range B determines the width, and 
the longitudinal distance traveled while achieving 
maximum lateral ranee A determines the reference 
center of the footprint . 

In the cases studied, corrective velocity changes 
of O, 1 ,500, and 3 ,000 -rt/sec were applied in the 
direction giving a maximum redaction in entry angles 
(see fig . 4) just prior to entry, It was found that 
the ratios of A/L and B/L were not affected by 
the thrust rnan~uver. Furthermore, the ratio of A/L 
remained constant at 0.67 ± 0 . 02 regardless of abort 
velocity and the ra"tio of B/L varied as shown in 
figure 10. 

In figure 11, the variation of L with the 
velocity at abort and With 6V is shown . Since 
each degree represents about 6o nautical miles, it 
can be seen that at 18,000 ft/sec the ma.xil!lum foot­
print is 240 nautical miles long L and ±48 nautical 
mi.les wide B if a 6V of 3 ,000 ft/sec is used and 
only 1/2 that size if no 6V is used, 



In figure 12, the maximum do,1JJ-range distance 
obtained is plotted on a semilog scale against the 
velocity at abort. The curves with symbols are 
distances measured from the position at abort while 
the dashed curve gives the distance from the launch 
site to the position at abort. It can be seen that 
up to 24,ooo ft/sec, we are concerned with recovery 
sites on the order of 8o0 to 90° down range from 
the launch site. 

One useful application of these data could be 
made by plotting these footprints along the nominal 
ground track of the vehicle during launch to deter­
mine the desirable location of recovery sites for 
a lifting vehicle. A further study is also neces­
sary to determine how much t::,.V should be used by 
a pilot from range considerations since, as the 
figures show, both the entry decelerations and the 
range will be affected by the onboard propulsion. 
Of the two, range considerations and the simplicity 
of procedures will probably predominate over con­
siderations of reducing the decelerations on entry. 

It may be of interest to note that in the opera­
tional procedures for the Mercury spacecraft the 
retrorocket normally used for deorbit can also be 
used at suborbital abort to shorten the range . 
However, this rocket produces a velocity change of 
only 450 ft/sec and procedures call for its use in 
a retrograde direction from 30 to 250 seconds after 
abort. The proposed larger velocity capability of 
Gemini and Apollo offer considerable more choice 
in the field of range control . Complexity is, 
however, the price to be paid for this freedom of 
choice. 

Superorbital Abort 

General. - Probably the most difficult region in 
which to establish an ironclad abort procedure is 
the region between orbital 8Jld escape velocity, 
Depending upon the amount of fuel carried and the 
time required to use that fuel, an immediate return 
to earth can be executed only up to a certain point 
during the launch; beyond that point, an immediate 
return cannot be made and the procedure for using 
the available fuel becomes entirely different . 
Once superorbital velocities have been reached, 
the centrifugal acceleration due to velocity will 
exceed the acceleration due to gravity and the 
vehicle will move away from earth on a Keplarian 
ellipse even though the launch-vehicle is shut 
down. Because of this fact, any increase in veloc­
ity, altitude, flight-path angle, or time '11.11 also 
incJ·ease the velocity change required to deflect 
the vehicle's trajectory so that it intersects the 
atmosphere before apogee is reached, If sufficient 
fuel to ac~omplisb this velocity change is not 
available, then tb~ vehicle must continue to 
apogee , using the available fuel along the ,,ray to 
change the orbit so that perigee lies within the 
earth's atmosphere . These considerations are nec­
essary both for direct launches and launches from 
orbit and we will not distinguish between the two 
in this paper. Some of these factors have been 
covered in8 f vr impulse thrust applications. Also, 
a very comprehensive parametric study giving the 
impulsive thruzt requirements for immediate return 
to earth from superorbital aborts is given 1n2. 
HoweAer, to the impuJ.sive velocity requirements 
of2, must be added the additional velocity cost 
due to the time required to reorient the vehicle 
and to apply t he thrust . We will consider only 
these factors here . 
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Vehicle attitude control .- In figure 13, a typ­
ical reorientation procedure designed from an 
immediate atmospheric entry following an abort at 
superorbital velocities is illustrated, If the 
pilot is in an upright position at the time of 
abort, the sequence of figure 13 can be described 
as essentially that of a forward somersault . At 
the signal for an abort, the pilot {or automatic 
control sequencer) has several choices . If the 
abort is not caused by the launch-vehicle and the 
pilot can override the launch-vehicle control sys­
tem, then he may use the launch-vehicle to change 
bis trajectory back toward the atmosphere before 
separation . If the abort is caused by a failure 
of the launch-vehicle control system, a launch­
vehicle thrust failure, or by an impending explo­
sion, immediate separation must be made using an 
abort or separation rocket . If sufficient fuel is 
available for an immediate return to earth, the 
sequences shown in figure 13 are applicable . Upon 
separation, the pilot should immediately pitch 

down about 96° ( according to the equation 

~: 18o0 - cos-1 t::,.V) and fire the maneuver rocket . 
Vo 

This procedure will produce a maxinn.un negative 
change in flight -path angle for the given avail­
able b.V. Following the firing of the maneuver 
rocket the pilot will probably continue the pitch­
down maneuver to an angle of attack of -33° in 
~reparation for the atmospheric entry. This atti­
tude will produce a negative L/D of 0 .5 and 
should hold the spacecraft in the atmosphere until 
near orbital velocities are reached, at which time 
a roll-out of 90° to 18o0 can be made . Since the 
t::,.V requirement for immediate earth return changes 
vary rapidJ,.y during the superorbital phase of the 
boost (seeB), an excess of velocity may be avail­
able to the pilot and if this is the case then 
positive lift may be required at entry . This situ­
ation is similar to the undershoot and overshoot 
boundaries as described by Chapman12 and others, 
and care must be taken at abort to stay within the 
accepted corridor for supercircular entries . 

Pilot response times .- The maneuvers just 
described have been examined in6 from a pilot 
response viewpoint, a.pd a typical time history is 
shown in figure 14. A critical case was chosen in 
which atmospheric captw-e depended upon the pilot ' s 
response time following the abort signal. Allowing 
for the 3- second burning time of the separation 
rocket, the time T required to hit the separa­
tion switch, reorient, and fire tbe maneuver rocket 
was evaluated for a number of test pilots . The 
results are shown in figure 15 along with results 
obtained from the suborbital aborts of figure 8. 
The data are presented as the probability of the 
pilot exceeding a given time T for the maneuver 
where T is given on the abscissa. The critical 
values of T for the two flight conditions con­
sidered are given on the figure . 

An indication of the additional velocity require­
ment imposed by the time to reorient and fire the 
maneuver rocket is given by figure 16. Taken 
from5, the figure gives the ratio of propellAot 
weight Wp to total initial weight W0 of the 
spacecraft as a :function of delay time T at two 
different abort conditions and for three differ-
ent thrust ievels . The reason for baste in making 
these maneuvers and using maximum available thrust 
levels is apparent in this figure . 



The orieota1t.ion time between the firing of the 
maneuver r ockeit. and entry does not appear to be 
critical even for launches from low-altitude orbits . 
This fact can be illustrated by considering a case 
in which the spacecraft is in a capture condition, 
say V = 30,000 ft/sec, "/ = o0 , h = 250 ,000 ft, 
and L/D = -0. '.5 - If we then compute backward in 
ti.me, the traj•=ctory leading up to this capture 
condition is olotained. Each position on tbis tra­
jectory repres•=nts a possible condition of state 
following an albort and the firing of the maneuver 
rocket . The t:ime required to go from each of these 
state conditioms to the final capture condition is 
shown in figur,e 17. It may be seen , for instance, 
that it takes .150 seconds to go from 300,000 feet 
and 233 seconds to go from 4oO, OOO feet to the 
final condi tio1n at 250 ,000 f eet . When considering 
a maneuver req,uJ.ring 10 t o 20 seconds, suffi cient 
time appears t,o be available for reorientation 
prior to entry . 

Range avail,able for energy management . - Du.e to 
the wide range of entry conditions following aborts 
between or bital and escape velocities , it would be 
a formidable task to establish the range capabili­
ties of the spacecraft throughout this entire 
region. No such analysis is known to exist and may 
not be merited until more information on the launch 
trajectory, the available fuel , and the abor t entry 
conditions are established. On the other hand, a 
less extensive study does appear to be warranted. 
Although it may be difficult to guide the space 
vehicle from a superorbital abort to a direct 
return to the atmosphere 111th a prespecified set of 
entry conditions, it should be possible to achieve 
these desired entry conditions accurately if the 
spacecraft is allowed to coast to apogee first . 
For this reason, it may be desirable at this time 
to investigate what the range envelope for tbe 
"middle- of- the -corridor" conditions at superorbital 
velocities might be . 

Abort From Tra.nslunar Trajectories 

Although not as probable as an abort from launch , 
it may be necessary on occasion to abort from the 
translunar trajectory. Penetration by a meteoroid, 
solar flares, or sudden illness may justify this 
type of an abort . Also, closely associated to this 
problem is the case (referred to in the preceding 
section) in which the vehicle is aborted at super­
orbital velocities , coasts to apogee and uses the 
avail able thrust to insure a safe return to earth 
on the next pass . Since it ;rill take from 2 to 
24 hours (or more) to return to earth from this 
type of an abort , the element of time is no longer 
as critical as in the preceding cases considered. 
Furthermore, the guidance logic for making the 
proper velocity correction for these types of 
aborts should dovetail with the procedures used for 
midcourse corrections for the nominal return tra­
jectory from the moon . 

The only pu.blished work in this field known to 
the author is given in9 . The paper essentially 
describes a method of calculating positions on the 
nominal translunar trajectory where abor~s m:ly be 
made which lead to a return to ~arth at~ prede­
termined landing site . The concept referrecl to as 
abort "way stations" appears to be parti.;:ularly 
suited to guidance schemes which store influence 
coefficients d.erived from perturbations on a nomi­
nal trajectory·. Such a scheme is now being seri­
ously consi dered for the Apollo mission. 
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Aborts From Lunar Landings 

An e;:.tirely new field of study has necently 
developed with the consider ation of lun1~r landings 
and lunar rendezvous. Since there is v,~ry little 
difference between an abort from a luna:t· landing 
and the pr oblem of launching a rendez.vo1J.s operation 
from the surface of tbe moon, these tvo problems 
are currently being studied Jointly . n is too 
premature to discuss any detailed results now but 
papers on these subjects may well becom,e quite 
numerous in the very near future. 

Concludi.ng Remarks 

To date the United States' only manm:d venture 
into space bas been made with the relat:i vely simple 
and reliable system of the Mercury spac,ecraft . 
Without lift control and with only a =~11 fixed 
thrust rocket, the procedures for abort and recovery 
have not required a complex guidance and control 
system. The next generation of vehicle.s will have 
both lift control and considerably more maneuver 
thrust capability. Just how these capa"bilities will 
be used will depend on the continued d.e,sire to keep 
the procedures as simple and reliable as possible . 
It seems possible that atmospheric and 1suborbital 
aborts can be kept relatively simple . '.rhe computa­
tions for superorbital and translunar a·oorts appear 
to be complicated by the necessity of b:ighly accu­
rate velocity changes . Roi.ever, even tlbese types 
of abort can be kept simple by using stored programs 
such as the abort way stations . At the moon, it now 
appe,lrs that onboard computations of th,~ optimum 
thrust maneuver ;rill be a virtual neces1sity in the 
case of an abort during some phases of the lunar 
landing . However, since onboard computations will 
also be necessary for the basic landing maneuver, 
an abort may not place an undue burden on the gui d­
ance logic system. The lack of an atmo1sphere at the 
moon should, in some ways , greatly simp:Lify the 
choices and the computations of the opt.imum course 
of action . 
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Figure 1. - Atmospheric abort anticollision control. 
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HUMAN CONTROL PERFORMANCE AND TOLERANCE UNDER SEVERE CCMPLEX HAVE FORM VIBRATION, 

WITH A PREL!MillARY HISTORICAL REVIBW OF FLIGHT smULATION 

by Carl C. Clark, Ph. D. 
Manager, Life Sciences Deparbnent 
Martin Company 
Bal.timore 3, Maryland 

Introduction 

As man travels, he vibrates. For as he 
travels, he generally experiences accelerations 
not perfectly uniform in magnitude nor direction, 
and these he feels as varying forces or vi­
brations. As he first travels faster, these 
vibrations become more severe, until he learns 
new ways to red.uce them: the clearing of foot 
paths, the pavi,ng of roads, the welding of' rail­
road tracks, thle use of gust alleviation autopilot 
controls in aircraft, the improved spacecraft 
"adapter ring" attachment fairi!:f;S to reduce 
trans- sonic buffet of multi-stage rocket vehicles. 
,-1e will insure that the grandmothers, going to 
tea, booming ac:ross the oceans in rockets, will 
have smooth tri.ps. But the pioneers, the path­
finders, will vibrate, while travelling faster on 
or near the eat·th, or penetrating through the 
atttosphere, or using thrust. 

What can we do, preparing for these pioneers, 
to insure that these expected vibrations will not 
jeopardize the'l.r lives nor their missions? This 
paper will describe one approach, of attempting 
to simulate the expected and more than the ex­
pected complex wave form vibrations to determine 
tolerance and pilot control capabilities, to 
attempt to find solutions in simulation before 
the first flights in r eality. The experimental 
work to be des,~ribed was done in November, 1959, 
and June, 19c0 ,, on the Johnsville Mavy human 
centrifuge, at the Aviation Medical Acceleration 
Laboratory, u.s. Naval Air Development Center, 
Johnsville, Pennsylvania, and in June, 196o, on 
the North Amer:Lcan "G- seat", the vertical accel­
erator of the North American Aviation Co., Inc., 
Columbus, Ohio., .mile the author was Jostle Pro­
gram Officer a·t the Aviation Medical Acceleration 
Laboratory. The ex;,erimental. ,:ork was the subject 
of the confide1ntial reports NAOC-}iA- I.6o05 and 
NADC-MA- 6128, l[J . S . Naval Air Develop:nent Center, 
and NA60H- 4L4, North American Aviation, Inc. , 
Columbus . Unc1assified aspects can now be re­
ported. 

Use of th,ese large simulator facilities can 
only be made with the cooperation of many people. 
Particular acknowledgement is expressed for the 
efforts of Capt, F. K. Smith , MC , USN, and 
Mr. Robert Snyder, Aviation Medical Acceleration 
Laboratory, u.s. Naval Air Develop:nent Center, 
Harold Trembla;y-, Edward Loller, Tom Fole-,r, and 

Harold Ibcrfel, Aeronautical Computer Laboratory, 
U. S . Naval Air Development Center, Dr. Robert 
Laidlaw, Mr. Charles Walli, Dr. Edward Marlowe, 
and Mr. Jack Willer, North American Aviation, 
Inc . , and the pilots, Lt. J a!lles Willis , USN, 
Lt. Paul Weitz , USN, Lt. Charles Caricofe, USN, 
Lt. Paul Easton, USN, Lt. j.g. c. Garber, USN, 
Lt. David Glun.t, USN, Capt. Robert Solliday, USMC, 
Lcdr. William Murphy, USN, Robert Sncy-th, Richard 
Wenzell, and Donovan Heinle . 

Acceleration Terminology 

In the first -papers I kn'._% if which acceler­
ations were measured in flight ' a dist:Lnction 
was made between the accelerometer readiJ1gs, 
called "accelerometer ratios" , and the changes of 
velocity, ·which I call the displacement 13cceler­
ations. In straight and level flight at constant 
speed, an accelerometer mass is defiected an 
amount "mich may be called lG due to the gravi­
tational attraction, but the displacement accel­
eration is zero . At other flight path angles as 
well, the gravitational components must be sub­
tracted to determine the displ acement acceler­
ations, Unfortunately in the early Unit/~ ttat1s 
papers measuring accelerations in flight'~ J,7 ,9.3 
this distinction between gravitational attraction 
and displacement acceleration was not ma,de, with 
the consequence that today it is the unu:sual 
rocket engineer who is quickly certain ·when yau. 
tell him that you have a 2g liftoff whet.lher the 
velocity change is 32 or 64 feet/second2 • 

In rocket vehicles, the crew are n,o longer 
necessarily in the typical airplane transverse 
seated position. Accelerations are no longer 
primarily along the transverse (Z) axis. Rotations 
may be more severe than with aircraft, a:nd should 
be specified with more convenience than, for 
example, 11 2. 0 radians per second squared about th~ 
Z axis" . A physiological acceleration terminologyS 
has therefore been established with ? :mmendations 
for its adoption in the United Stat~ and inclu­
sion in a Table of Equivalents of Acceleration 
Terminologies37 recommended for international use. 
This tenninology has the following key points : 

1 . The unit for the physiological acceler­
ation shall be G to distinguish this acceleration 
from the "true" displace.'l!ent acceleration, gen­
erally designated by aerodynamicists with the unit 
g. The physiological acceleration represents the 
total reactive force divided by the body mass, and 
hence includes both displacement and resisted 
gravitational acceleration effects. Note that the 
physiological acceleration or total reactive load 
acceleration G rather than the displacement 
acceleration g is what is measured by accelerome­
ters . 

2 . The physiological acceleration, axes 
represent directions of the reactive dis:placements 
of organs and tissues with respect to the skeleton. 
The Z axis is down the spine, with +Cz (unit 
vector) designations for accelerations c:ausing the 
heart, etc., to displace downward (caudally). The 
X axis is front to back, with +Gx desigr.tations for 
accelerations causing the heart to be di.splaced 
back toward the spine (dorsally) . The r axis is 
rie;h t to left, with +Gy designations for acceler­
ations causing the heart to be displaced to the 
left. For accelerations in which effect,s on the 
entire body are of concern, the origin c1f the axes 
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shall be half way between the anterior (r1Jstral) 
surfaces of the iliac crests, vith the Z axis 
passing through the midpoint between the ::n.1pr3s­
ternal notch and the dorsal surface of th1~ dorsal 
spine of the last cervical vertebra to th:Ls oriB:in. 
Tl".e X and Y axes are mutually perpendicular to 
this Z axis. 

For acceleration effects on the vest:ibu.J.ar 
apnar.:.tus, the orir;in of the head axes shall be 
the Midpoint bet1,een the external a•.1di tor;, 
;;-,eatuses (on the Y axis), with the X axis passing 
fron the ventral medial margin of the nasl3l bones 
through this origin. 

J. Angular acceler;iti ons which cause the 
hecrt to rotate (roll) to the left witl1in the 
skeleton sr.all be s;:iecif~ed by the FL unit vector, 
representinc radians/sec<: about the f axis. 
Angular velocities in t.hc same sense shal.:l be 
specified by the +fix un:Lt vector, -representing 
radians/sec about the X axis . Similarly, +~"Y 
re,~resents nitch down of the heart .d.thin the 
s}:eleton, a~d +~z repr esents yaw risht of the 
heart within the skeleton . 

4. linear acceleration cnvironnents mDy be 
reoresented by the three acceleration components 
(alonr; the Gx, Gy and Gz unit. vectors) or by a 
resultant acceler11tion and the azimutl: and 
altitude angles of the resultant with respect to 
the body axes, Azimuth is measured from -~he +X 
axis (to the back) , with positive rotation clock­
.rise as seen from above, /,ttitude is mea:sured 
from the horizontal (XY) plane , with posi'!i ve 
anglP.s when in the hemisphere of t he +Z a:id..s 
(dowrward). Thus a man reclining in a ch,arr 
tinoed back 4S 0 is exoeriencing O. 7 Ox and O. 7 Oz, 
or· io/0° , 4S" . · 

5. \'.'henevcr rot.:itions accompany linear 
accelerations , the reference point for th,e linear 
accelerations should be specified, and the ti.me 
histories of the angular velocities and angular 
accelerations should accompany the time h:Lstoric~s 
of the line3r accelerations, to allow the compu­
tation of linear accelerations at other p,::>ints . 
(Note : For comple."< motions , meDsurements vs . time 
of t~ese 9 ~~rameters (Gx, Gy, Oz, Rx, Ry , Rz , 
Rx, Ry, and Rz) should be made, _ ',:ith :iJ:lp:~o:'er:ients 
of instrument2.tion and the specifying of :lnl. ti.al 
conditions, angular velocities may be adequately 
determined by the integration of angular ;3cceler­
.:itions, reducing the required channels to six, 
which may indeed be three pair:; of linear a cceler­
orneters, with the accelerometers of each ,oair 
sep;irated by a known distance. For tne specifi­
cation of vehicle flif)lt patr.s and the de·~ermina­
tion of the displaccrr.cnt accelerations , the three 
':ulcr angl es mu~t also be detennined, geni~rally 
by inteeration of rate gyro signals. ) 

This ph:,.siological accc>J.eration tenn:ir,ology 
is illustrated in fii;U!'e 1. Figure 2 provides a 
conl')<'.!rison to the HASA vehicle accelerati 1::>n 
termir.olo£Y . It is sug:;ested that the h;)'lorid 
"normal l oaci" terminology be dropped, to avoid 
the confusion possible , for example , .men stating 
that a flir:;ht vehicle at constant velocit;r has a 
normal load of lg. Let us restrict g to dis-
pla ccment acceleration, so that a vehicle at 
constant velocity is e:,periencing Og. ThE~ crew 
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then, if positioned transverse to the vehicle, 
would experience lGx if the vehicle is climbing 
verticallv or 10 if the vehicle is flying 
horizontally, ana these 1-10uld be the values read 
by accelerometers. An alternate name for the 
"physiological acceleration" G mii:;ht be the 
"total reactive load," but the former tenn 
emphasizes that the pilot body axes are used, 
1•~1atever his orientation to the vehicle. 

It is necessary to here extend this termin­
ology for the jostle acceleration situation. For 
aperiodic jostle motions of moderate duration, 
tine hi.stories of the nine linear accelerations , 
angular velocities, and angular accelerations 
should be eiven. Until more is kno,m, allowi.n~ 
thP ·1se of body motion mather:iatical mod~ls~ L.2, 7 
emni rical experience in the actual or simu.l.ated 
environment will be required to determine 
tolerance and control capabilities, if this en-
1,-irorm1ent is more severe than previously studied 
environments. For "stationary random" jostle 
motions, due for example to turbulence, six linear 
acceleration and angula r acceleration pmrer spect­
ra, versus frequency, may in addition to the time 
histories be specified, summarized by ''root mean 
sqnared1' or RMS values . Note that the RMS values 
alone are not sufficient specification of the 
jostle; these must be accompanied by the power 
spectrnl frequency distributions . For vehicle 
responses and forcing functions of moderately 
similar frequency distr ibutions, with acceler­
ation power spectra peaks between 1 and 10 cycles 
per second, initial canparisons of the severity 
of jostle may be nade on the basis of RMS values 
alone, but power spectra should be compared before 
final decisions of tolerability are made. 

To emphasize the displacement aspects of the 
jostle environment, it is appropriate to represent 
the jostle by an Fn-1S g , with the umerstanding 
that this is superimposed on a specified G, with 
a varying debree of transmission and phase shift 
into specific organs of the body, as represented 
by the mathematical models. 

An Historical Review of Flight Simulation 

The origins of flight simulation are obscure. 
Indeed, one of our anthropoid ancestors perhaps a 
million years ago probably ran about with his arms 
out - or jumped from a tree - and grunted, "Look, 
ma , I 1m flying , '1 The first pilots, having built 
their planes, sat in the seats and moved the 
conti~ls, thinking through their flights - the 
beginning of "fixed base" ar "static" flight 
simulation - then, as Stewart ~l puts it, "Men 
.mo had never been in the air in their lives before 
took their seat in the cockpit and opened the 
engine and took off to find out in a few desperate 
minutes whether they could ny or not. 0 The 
\·:'right brothers (1903), J . C, Ellehamer (1906), 
Albert Santos- Dumont (1906), Charles Voisin (1907) , 
Horatio Phillips (1907), Louis Bleriot (1907), 

Robert Bsnault-Pel terie (1907), Henri Farman 
(1907) , L. Dela~rnn&e (1908), A. V. Roe (1908) , 
Glenn Curtiss (1908) , Samuel Cody (1908), Glenn 
!Iartin (1909) and others learned their nying 1n 
this way. In 1908. the f irst airplane .0.ight 
wi th a passenger 4(') was made by Wilbur Wright 
and Charles ?urnat (Nay 14), and in 1908 the first 
airplane fatality O occ•.!I'red during a training 
fli;;ht, 1>i.th Orville Wright being seriously injured 



and Lt. Thomas Selfridge killed (September 17) . 
It is interesting to note that in April, 1962, we 
have yet to see our first t110 man rocket flieht, 
:im• planned b:✓ t.1-te United St~tes with the Geriini 
snacecrnft and Titan launch vehicle for 196L. 

In the SUIM1er of 1913, Adolphe P~goud per­
::\.,aded his C'lplo:rer, Louis Bl6riot, to allow him 
to 2ttcnpt the first intentional upside- do1m 
airplane fli..;r.t . Ile 1"reparcd by strengt,henine 
the airplane wings :md tail, developing shoulder 
::traps as an addition to the available lap belt, 
:ind trained by invertilll; the airplane on trestles 
.:1nd practicinc operatilll; the controls iihile ex­
;1criencing the - lGz, an early night simulation 
1-11 th acceleration effects added, On Septem~ei lA 
1913, Pegoud successfully flew upside dom, , O, 1 
and subsequently (September 21) r:iade fuJLl loops, Lo 
shortly after llesterov looped in Kiev (/lu:;ust 20} 
an event nuch less widely la101m at the l~iJne. As 
Vedrines said about Pegoud, "He tau;ht i:he world 
how to fly" with his demonst8ftions of 1~he 
maneuverability of aircraft. 1·:e have yet to 
see the 1nt~ntional looping of a rocket vehicle , 
tha1. is, the denonstration of its full 111aneuver 
and emerr,ency recovery c;ipabili ties, although I 
understand that an unmanned Atlas vehic:Le looped 
during thrust during an early develoµne1nt flight. 
'T'r.is is quite analagous to thr 11ccident.al. in­
verted flight of H. F. ReynoldsL8 in 191.1 and of 
Pegoud's abandonned airpl31Je follo~ring his para­
chute jump, which caused Pegoud to reason that 
wi tb trainin,:-, inverted flight could be treated 
as a recoverable rather than a "bailout" 
emer!!ency flight condition. In the same way I 
look forward to the first intentional looping 
with thrust - not just tumbling with attitude 
control, although this should occur first - of 
the X-15 or Hercury or Gemini or Dyna-Soar, to 
break the bonds of viewooint which still bind 
l"!anned rocket !'lirht to· the precise dull 
l'!Btheraatical non- ada;:>tive essentially ballistic 
laW'lch flipht riaths, and show that mannied 
maneuvering rocket flight "design path" deviaticns 
are not a cause for aborting the night,. 

In 1918, recognizing that many crashes were 
due to vest.iJ,ular d.isorientation leading to 
"ear deaths"s'2, the Ruf;f!les Orienter w2,s 
de,·eloped3 to tumble pilots in all three rota­
tional axes and introduce thm to the range of 
their vestibular sensations, the anticEident of 
the 11~:ulti-Axia Spin Test Inertia FaciJ.ity" used 
to tlllnble the t-:ercury astronauts at rates up to 
50 revolutions per ninute about all three 
rotntion axes and train them in the

8
us E1 of the 

l'.ercury attitude control equiprnmt. 3 The 
Rugr;les Orienter, with a covered cockpit, was 
used by \·)illiam C. Ocker in ecJrly simuJLations of 
blind nir•ht U5inglhe Sperry turn indicator, 
cevcl.opcd in 1917, ? ?or more extensive field 
use, ravid '•lyers and ~;illian Ocker utilized the 
"turning chair with the instrtunPnt box", (rig .}),a 
Ba ran~r chair and a turn indicator , to train pilo'!Ei 
in the distinction between their subje,:tive ~PBl­
ir,{;s of rotation and their actual rota·tions . 2 

The developnent of the Link trainer in the mid 
1930 1 s gave pilots a quite detailed 11c1osed loop" 
pilot control moving base (or "dynamic") 
si.nulator, in .mich ~ilot contrQJ.. continuously 
modified cockpit instI'W!lent readings and simu­
lator an~ar motions , li.nited in range in roll 
and pitch . In this same period, the first of the 
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power driven human centrifuges were built2~ but 
their initial use was to provide pre- programmed 
rather than pilot controlled .0.1f;ht simulation 
accelerations. Further refinenents in simulated 
vehicle characteristics awaited the develop,ent 
of the electronic canputers following World War II. 

The rocket flight pioneers, frOM Sanders (1928}, 
von Opel (1929), and '\-:arsitz (1939) to l•:ilbum Apt 
(1956) , who was killed in his first flight in the 
X- 2 after reaching 2078 miles per hour, and indeed 
the rest of the proud line of test pilots in any 
new airplane up to this period,made their first 
nL!hts in vehicles which could have quite 
different characteristics fran acy they had prev­
iously experienced, It was in this mid- 195o 
period that fli:uit simulati on began to catch up 
with the complexities of actual night, so that 
now our X-15 pilots, our Mercury pilots, and 
apparently our Vostok pilots are intimately 
fa11iliar with the handling qualities and flight 
loads of their vehicles under normal and emergency 
conditions before their first flights . Thus 
Robert H11te

89
arter his X-15 flight to 217 , 000 

feet, stated , " •• , the static s:i.Jllulations and the 
Johnsville centrifuge program contributed to very 
Good training for these conditions so that the 
actual reentry did not result in a ca,ipletely new 
or uneA-pected flii;ht axperience." Other moving 
base or dynamic flir-;ht simulators for the X- 115 
included a T- 33 variable stability aircraft 7 and, 
of particular use , an F- lOL landed with dive 
brakes extended to simulate the lift- drag 
characteristicc of the X-1530 

With the developrr.ent of electronic analog com­
puters after \forld h'ar II, both computations of 
aircraft perfonr.ance and the use o! airborne 
electronic components to change control responses 
and improve auto-pilots were greaUy expanded. An 
historic movinf; base, pilot controlled flight 
siinulator of this period was the NACA Lane;ley 
Aeronautical Labora tori

9 
"§lsv.:itor seat" , developed 

by William H. Phillips , '· f.raing an hydraulic 
analog of an aircraft resoonse to control a seat 
moving verticc!lly on rails in response to pilot 
control stick motions . B-1 the r:t1d- 195o I s , 
electronic control of aircraft responses was such 
that one airplane could have its responses modi­
fied to feel like another airplane, and the 
variable stability airplane ~,as created, particu­
larly by ~:ork at the tlACA ri!T'.es Aeronautical Lab­
oratory (far example, r eferenc~ 58 ) arxl the 
Cornell .'..erona.utical Laboratory (for excJmple,ref.55) 

In 19L8 , William Phillips
68 

had theoretically 
predicted the decreasing stabilicy problen of 
short wing aircraft at hif;her speeds which come 
to be called the "roll coupling" problan. This 
and other st.'.lbility nroblems associated with 
thrust misaligmnent and limited control effective­
ness at hieh altitude were being faced by the 
rocket air,:>lane pilots. Charles Yaecer vividly 
described92 a flight on December 12, 195'3: "You 
reach a max.imwn speed of 165o miles an hour -
twice the speed of soundl Your fuel exhausted 
then , you pull out through the same violent 
buffeting and shock into the transonic range 
again, Then suddenly you lose control of the 
ship ••.• Your mind is half blank, your body 
suddenly useless, as the X-lA begins to tumble 
thr ouVl the sky. There is sanething terrible 
about the helplessness with which you fall , 



There's nothing to hold to and you have no strength. 
There is only your weight, knocked one way arrl 
another as the plane drops tumbling throue;h the 
air. The whole inner lining of its pressurized 
coc.~pit is shattPred as you're knocked around, 
and its skin where you touch is still scorching 
hot.11 Elsewhere91, be added, "The airplane 
finally pulled about llg' s upward," (that is, 
llGz) , " tried to stabilize itself, and of course 
then started snapping and I was pretty well 
blacked out due to the high acceleration forces . " 
The pilots were beginning to have fliGht ex:,er­
iences for which their previous training was in­
adequate , 

The F- 100 was the first production aircraft 
in which severe roll coupling was a problem, al­
t,hough the F- 86 had a "pitch- uo" characteristic 
under certain flight cond::.tions30. First flo,m 
in J1iay, 1953, the F- 100 had already "become un­
cor ked" and killed test pilot George " elch ,-men 
in late 1954 it came to the NACA Flight Test 
Center, where the r~Ol. coupling 9robl0ll was 
evaluated in flight • 

At about the same time, a fixed base pilot 
controlled display silllula tor, with ftv e degrees 
of freedom electronic analog flight mechanics 
computation was developed to seek solutions for 
the F- 100 inertial coupling problem, under the 
direction of Leonard Sternfielc at the NACA 
Langley Aeronautical Laborators;80. This s:imulatar 
r~presented major refinemi-mts over the airplane 
procedures trainers of 1•1orlri 1:ar II in utilizing 
far more detailed computations of fli,;ht perform­
ance. Today we have many fixed base pilot con­
trolled display flight simulators ar procedures 
trainers, with electronic analog computation of 
detailed flight response and display changes as a 
consequence of pilot control motions. Many more 
11flights" can be made in the simulator than in 
the actual vehicle . Hazardous boundaries can be 
explored both from the safe and from the unsafe 
sides, to establish cockpit desi6n, pilot tech­
nique, and training before confirmation of the 
data in actual flight. As a result of simulator 
and flight studies , a lar~er tRil was put on the 
F-100, to reduce the inertial coupling problem. 

Sir George Cayley bad writteG in 1846 about 
the remaining pro bl.ens of night O, 11 A hW1dred 
necks have to be broken before all the sources 
of accident can be ascertained and guarded 
against. " Now pilot control simulation had 
reached a precision such that many sources of 
accidents could be identified and eliminated be­
fore the first flights. But the consequences of 
pilot motion could still not be adequately pre­
dicted. In the early 195()1 s , an autopilot was 
under development by the Bell Laboratories to 
allow autOl"latic tail-.::hase tracking, This would 
subject the pilots to considerable jostle during 
which they might have to take over flizht control. 
!n 1952 the Navy Johnsville hU!Tlan centrifuge was 
dedicated. Tr.is centrifuge (figure 4) has a 
double gimbal S'JStem at the end of a 50 foot 
centrifuge am, allow~ng three degrees of f r eedom 
of motion control. The first moving base flight 
simulation tttilizing this g~~balled centrifuge 
caoability3 determined that pilots experi encing 
the pre- progr ammed computed motion could tolerate 
the automatic interceptor control mode . Subse­
quently, computer refinements of the interceptor 

system were made75, :iartly with the use of the 
U .s . Haval Air l.)e 1elopinent ,::enter "Typhoon" analog 
computer, 11hich had been developed in cooperation 
with the Eoore School of the University of Pennsyl­
vania. 

C!l Sept~ber 27, 1956, Milburn Apt 1-ras killed 
durinc his first flisht of the X- 2 rocket airplane, 
when he initi~ted a tu."11 at too high a speed, and 
lost control.32. He had not previously trained in 
this type of motion environment. In 19~6, 
North Americ.m Aviation Inc. representatives, who 
had been awarded the developroe~t contract for the 
X-15 research airpla~e, approached the Navy to 
use the Johnsville centrifuge to determine the 
consequences of accelerations s~~ulating those 
co:nputed for the X- 15 under certain extreme 
fli.;ht condi t.i ons (figurt:i 5) on pilot control 
capabilities16 The first study, carried out in 
i!arch, 195727,;3 ~ used pre- programmed cam control 
of the centri.fu~e. Pilot t~l.erance to the expected 
accelerations 11as confi.=ed, and aspects of cock­
pit design were stucl.ied. ?ig, 5 shows one o.f the 
cam control runs. 

But the consequences of pilot motion on vehicle 
control modifying subsequent motion and control 
could not be studied b:,• pre- programmed centrifuge 
operation. A project was therefore initiated by 
John L, Br own and the author to control the 
centrifuge t.1-irough the Typhoon analog computer, 
such that as the pilot moved his flight controls, 
the ccr.iputer would continuousl y determine the 
changes of flight path , ~rovide signals to the 
cockpit display instruments to show the changing 
fli&lt conditions (as with the usual fixed base 
simulator) , and at the same time pr ovide drive 
signals to the centrifuge so that the pilot ex­
perienced the accel erations that he would have 
exper ienced if he had made the same control 
motions in actual flight. 

1"ith the active ;,articipation of the Aero­
nautical Computer Laboratory staif of the U.S . 
Haval Air Development Center, and of representa­
tives from the Moore School, University of 
Pennsylvania , t.~e first moving base pilot con­
trolled motion and display flight simulation, with 
three degr ees of freeda:i nf centrifuge motion, was 
car ried out in July, 195717,, 69!,•ith the encourage­
ment and participation of MAGA, particularly of 
Leonar d 3terniiel d and his stability and control 
group of the Langl ey Aeronautical Laboratory, this 
new tech~7095 1~s applied to t wo further studies of 
the X- 15 • , ' with extensive participation by 
representatives of North American Aviation, Inc. , 
in the final study. Over 600 centrifuge moving 
base flight simulations of the X-15 (and t ens of 
thousands of fixed base simulations with the North 
American Aviation simulate~ were made before the 
first actual flight. Fig. 6 maws one of the pilot­
computer control rnns. 

With three X-15 aircraft, and over 5o flights, 
with altitude and speed advances made in small 
increments, centrifuge training at the beginning 
of the program , rather than on a flight by flight 
basi s , has been adequate. With experienced pilots, 
wit h traini~~ maintained by periodic actual flights, 
det ailed flight planning is adequately done using 
only the fixed base sjJ-aulator. Hith vehicles 
goine into orbit and beyond, initially one man will 
make l es s !requent flights. In this early "sling 
shot era" 2J of ro~et travel in which most of the 
thrust i s delivered in the first few minutes of 
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travel, design and emergency accelerations are 
high enou~h that training in the straining pro­
cedures 20 , and in continuing control and display 
monitoring in spite of discomfort, should be 
maintained. 

Over l~/iy centrifuge moving base fli ght 
simulations • of NASA project Mercury were 
carried out before the first Ilight, but it is 
not yet established what freq11encies of the 
various moving base simulations should be used to 
maintain astronaut proficiency in this early 
period i n .mich actual nights by a particular 
astronaut will be many months apart. Indeed, the 
actual flights will hopefully never involve the 
extr eme emergency accelerations, for which train­
ing should also be maintained. Moving base flight 
simulation should remain a periodic task of this 
pioneering rocket era so that the astronauts, 
like their successful brothers of the pioneering 
airplane era, can step into their vehicles and 
fly them correctly the first time, and each time . 

It i s emphasized that the centrifuge cannot 
provide a perfect motion simulation of a night 
vehicle, nor can any simulator -which does not 
precisely follow the night path of the vehicle of 
concern. Unconstrained flight, with six deerees 
of freedom of motion, may be analysed in tenns of 
three l inear acceleration and three angular accel­
eration time histories which must be matched for 
per fect motion flight sirrulation. The Johnsville 
centr ifuge has independent controls for am. 
angular velocity (limited to Oto 3.6 rad. /sec. , 
giving 20G, wtlen t he gimbals are used) and the 
inner (usually limited to +85° to -85°) and 
outer (l imited to o• to 90°) gimbal angle 
positions . 

These limited range, three degrees of freedom 
of motion may be controlled to simulate the three 
linear accelerations (see for example figures 
5 and 6) but at the eA-pense of incorrect angular 
accelerations , although the position of the pil ot 
can be regulated to at least provide critical 
angular accelerations in the same sense if not the 
same magnitude in comparing night to centrifuge 
simulation lq Vehicle aerodynamics affects the 
simulation precision; with an approximate simu­
lation of the linear accelerations, angular 
motions of the gondola exceeded those computed for 
the X-15 bu-t; were less than those computed for the 
Mercury vehicle . 

For any moving base simulator, the importance 
of these "motion artifacts1' , or inaccurately 
simulat ed motions, must be judged, ideally by \i 
R'.I'OID-l'lJLb

1
C.W of "flight valiuation" exper ience 

cr~, 7~,4~, ~ . Under certain circumstances the 
artifact motion cues may provide an incorrect 
t r ai ning experience ar produce an artifact per­
formance effect, leading to incorrect conclusions 
made on the basis of simulator experience alone. 
In the future, this validation experience should 
be used to establish psychophysiological equations 
representing reactions to motions. Computations 
of the six degrees of freedo~ accelerations of the 
flight vehicle can then be modified by these 
psychophysiological equations in controlling the 
liMited degrees of freedom of the simulator, in 
order to minimi ze t hese artifact motion reactions 
and consequent artifact perf ormance effects. This 
may involve a continuous change from linear 
acceleration to angular position or angular accel-
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eration control, in order to provide the simu­
lation which feels the most r ealistic withi n t he 
capabilities of that simulator . 

For certain aspects of training it may not be 
r equired to provide a pr ecise siJnulation of the 
accelerations, so l ong as the simulated exper ience 
feels like - or the evoked performance is like or 
more than adequate for - the real flight exper ­
ience. Thus after obtaining initial t olerance 
experience, repeated training ror emergency con­
ditions might be carried out for the most part at 
less than the emergency acceler ations . Jostle 
control capabilities may be judged as adequate 
following d8Tlonstration of capabilities in a more 
severe albeit not precisel y simulating jostle 
environment. It is just this capacity of the 
human to evaluate present exoerience in terms of 
remembered more st~essful past ex;ier ience that 
allows the greatest part of the t raining to be 
made on fixed base or v e'!"J l i mited motion flight 
simulators. But the frequency that the moving 
base simulator or actual flight vehicle must be 
used in order to retain this 11 transfer11 exper ­
ience has not yet been evaluated, 

The refinements and use in combination of other 
aspects of simulation, inclu~ ng low pressure21, 
gas co~position, te:-iperature~oise, out- the­
window visual appearancet3Prerun rest, food, and 
flight preparation activities, etc , must all be 
added to the cockpit confi 8Ul"ation, control and 
display actions, and motions to minimize per­
formance artifact due to simulator training. How 
soon will we be able to awaken an astronaut, 
transport him to a device, and "launchu him with 
such fidelity that he i s unable to t ell whether 
he is in real or si.'1!ulated nii;;ht? 1:,ith the costs 
of one manned r ocket flight in this earl y period 
pr obably more than the costs of all pilot control 
simulation studies to date, simulation improve­
ments which even slightly reduce the probability 
of r eal accidents ar e justified, 

Moreover, now that we are developing refined 
simul ati on t.echniques, all future "envir onmental 
pioneering" ~ or the first entering by man of 
predicted new environments, should first be made 
in simulation so that consequences can be eval ­
uated with help at hand. Many more people should 
study the effects of new environments in simu­
lation than in an early period meet th, in 
realit,y- . Thus our "simulo-astronauts " q who only 
"go boom in black boxes'' rather than i n real 
flight, have a par t to pl~, in present day space 
pioneering. Today there are five people who have 
made five actual flights above 100 miles altitude; 
there are per haps 50 people who have made per haps 
2000 "nigh t s" in moving base sbula tors to a 
simulated orbital condition, 

It is emphasized that this is a preli minary 
historical review of flight simulation, par t i cu­
larl y of moving base flieht simulation. The 
extensive develo!Jllent of pilot- computer contr olled 
procedures trainers, and the i ncreasing addition 
to these of at least some minimum cockpit motion, 
warrants a thorough documentation. Fi~r e 7 
diagrams the motion capabilities of a number of 
types of moviP,1 base simulatio;J[~l:Jt?ies , Re-
ports of the Acceleration Panel ' , of the 
Armed Forces - National Research Council Co:m:ii ttee 
on Bioastronautics, and of the informal i nter ­
national Acceleration Gr oup continued under the 



Chaimanshi p of Dr. James D. Hardy after the 
disbanding of the Committee on Bi oastronaut ics , 
with one meeting50 under the sponsorshi p of the 
National ~cademy of Science Space Sci ence Board 
Nan in Space Ca'l'll'nittee and the National Aero­
nautics and Space '.dministration, and with 
additional meetings under consideration, p r ovide 
details about these facilities and programs . 

In conclusion of this preliminary review it 
is sur,~ested that at least the followi ng aspects 
of a night siJrTulation should be speci fied when 
refer rine to it: 

3.) Identify the simulator used. 

b ) Is it a "fixed base" (stationary coc!mit) or 
"moving base" (movine cockpit or pilot control 
ar ea) sinulation? The terms stotic or dynamic 
simul8tion should be dr opped because of confusion 
by some as to whether these l atter terl'!s refer to 
the cockpit or displ ay moti ons. -

c ) I f it is a movin~ base simulation, give the 
number of degr ees of freedom or L,dependent con­
trol raraineters of the moti on , 

d) Does it have Pilot control? Does the pilot 
control (throu:;h the vehicle response equations) 
both the cockpit motion and the display ch,mges, or 
does he ride a ,re- programmed motion and contr ol 
only the display-? The previollsly used te!'ms of 
closed l oop and open loop si mulation f or these 
conrli ti ons should be dropped because of the con­
fusion by sane people , s ince in both cases di spl ay 
ch.:n;:;es are i n a closed l oop relation t o pilot 
control actions. 

e) Gi ve the number of de(;rees o~ freedom of 
the flieht nechanics canputat ion. 

f) State additional aspPcts of the simul ation, 
:':t!ch as noise, low pressure, temperature effects, 
ont- t.he- window disrlay, pre- flight activities, 
etc. 

Consider two examples : 1) The Hartin- ?-alti­
more fixed base p i lot controll ed displ ay lunar 
landing sirnula tor, with five de1:rees of freed an 
of fJ.i:ht mechanics computation, and 2) t:1e 
Navy John:;ville cer.trifuGe moving base three de­
erees of frc>edcri of motion pilot contr ol led motion 
and display Hercur.r s:imula tor, with six de~r ees 
of fric,edom of i1i.:ht l'lechanics computation, and 
with pre- launch <ti.et, rest, and preparati~n, 
fli~ht noise, low press•u-e, and gas con:iosi ti.on 
simulation . 

Vibration Studies 

No attempt will b1.J2'~~e her e to review the 
vibration literature • ' ' , nor gi.vi'!, the 
characteristics of vibration devices 8 . Early 
uork with l0t1 a,,iplitude (less than lg HHS) , 
rr.oderate frequenC'.f (S- 20 ens) devices with sine 
wavefonn vibrators is now hein~ extended by de­
vices cap:ihle of h:i.r~her accelerations at l ower 
frequPnces , havine ,:reater amplitudes of mot i on , 
and in sme cases havint;: canplex i·iavefonn control 
systems . Vi bration :Jr oerams are particularly 
noted a\;rhe ifav.:l Medi cal Resear ch Insti t,1te, 
?ethesda ~

4
the ,.erospace Medical Laboratories, 

DaytoJl2, :, , 73; ffie ·.nny Hedical Research L1bor­
atory, Fort Knox ' 72 ; the Bostrom Research Lab-
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or ator ib5' Glilwaukee 
51; the Boei ng Company, 

\·:ichi ta ' ;i;1~he Grumman Aircraft Eilgineering 
Co . , Bethp,g~e"- ; the Bell Helicopter Co. , 
Fort 1.'.'or tlY ; the u. s. !_,.miy Ordnance Tank Auto­
motive Cppu,and, Detroit70 ; Ohio State University, 
Col umbusJO ; and the RAF Inst it,..i.te of A"iati on 
!(edicine, r'arnborough , EnglancJUf ; in addition to 
work at thj:) u1 s. Naval Air Develoµnent Center, 
JohnSV:i.lle-79, a5 and the North American Aviation, 
I nc . , Col un.b.us , furt,her described here . 
Russi an o4 ,m., 7~ Genn.an33, "renchl.!J and Japanese6L 
studies a r e noted. 

Pr evious wor k has dealt primarily with effects 
of steady sine wave vibrations, For such vibra­
t i ons of el astic (and biolo~ical) structures near 
resonance f r equencies, large resonance amolitudes 
of the elasti c structures can be built up fo r 
small amplit udes of the f orcing st ructure. '1th 
"compl ex wa•:eform" excitation, nuch of the 
vibrational ener JY will be at frequencies other 
than those of r esonance, resulting in a l ower 
a'llplitude of the elastic structure than if all of 
the ener r;y were at a resonance frequency. On the 
otl1er hand with complex wavefo:-r.i excitation, 
~3rtial r esonances of adjacent structures at 
different frequencies can occur simultaneously. 
''i th the expectec. non- linearities of biological 
inter actions, excitation ,:i th complex waveform 
givi nE multi ple resonances mie;ht nroduce more 
damaee than sL~e wave excitillori: In addition, 
with conpl ex waveform excitation, individual 
acceleration peaks shoi-· a variation from the steady 
sine wave am;:ilitude from much lareer to much 
$naller, with the fon,,~r possibl.7 producing mor e 
damage. 

Previous 1-;or k with sine wave vibrat:i,ons in the 
1 to 10 cps r eeion had i ndicat~d a considerable 
spr ead in peak ~ccelerations which subject~ re­
fuse to tolerate, from about a 0 . 3 gz peak42 
( or O. ?.gzRl!S) for 5 to 20 minute expo~fis with 
modercte Motivati on to 8bout a 2gz peak 
(l . hez~.MS) in the frequenc7r range of L to 8 cps 
f or a few second9 ,ex:posure with greater motivation. 
P3.rks and SynderOO report the "alarming" l.evel of 
sine waveform vibrations as o.), to 0 , 9G (0 . 3 to 
0 . 6gz RMS) at 1 cps, and 0 . 3 to 1 . 0$0 (0. 2 to 
0 . 7gz RJ.1S) a t 5 cps, !'or different subjects. On 
the other hand, single acceleration events of even 
l OGz and higher at a frequency of 1 cps or higher 
are quite tolerable . Bow often could these larger 
amplitude events be repeated in a given ti.me for 
the motion still to be acce!)table, if they occurred 
with a complex wavefonn, hence with per iods of rest 
between the high accelera tion events? nth the 
general increase in blood pressure and pulse rate 
following a moderate acceleration event, tolerance 
to a 1~ tP.r acceler ation event might for certain 
conditions of time and magnitude be incr eased by 
previous exposur e to a "conditioning" acceleration 
event . 

Vibr ation can prodnce damage. Ri opelle et aJ.72 

had one monkey die in one hour and two survive 
eight hours of 10 cps, O, ?S inches double ampl itude 
sinusoi dal motion, or 0.9 gz RHS. At o.S inches 
dcuble amplitude, one monkey di ed a f ter 7 hours 0£ 
vibrati on , one died the next day, and two survived 
8 hours of vibr ation (1. 3 gzID1S measured at the 
seat ) . Se•r~r e ches t pai!Pti !las developed in some 
humans aft er 25 seconds of sine waveform vibr ation 
at a doubl e ampl itude of about 0.15 inches in the 
frequency r ange of 10 cps (about 0.5 gzR!1S) and 



and ' .. '.hite himself BB, a:!'ter 15 minutes with out 
pain at 20- 25 cps d th a double ampli. tude of 0.17 
inches (about 2 . 4 gz!n·!S) later observed blood in 
the soft stools . Medical monitorinJ is recoll1l!lend­
ec tor environmental pioneering studies. It is 
P.mphasized that "tolerable" and "damagiI16'' levels 
of vibration will vary depending QJ1 the nature of 
the body support- restraint syster.i°13. 

?erformance is also affected by vibration. Kith 
a sine waveform motion of frequency below 10 cps. , 
the pilot can anticipate or brace again the 
uni.forrnly re::,eatec changes of acceleration in 
makine; his cont:.:-ol !!lotions. ,:ith cOllplex wavefonn 
motion on the other hand the ohases and amplitudes 
of successive acceleration events are not uniform­
ly repeated, and involuntary pilot control motions 
would expectedly increase. 

Brief studies were therefore initiated on the 
Johnsville centrifuge and the North !\rnerican 
A.viation 11G seat" to determine the tolerance and 
oerfonrtance decrement effects of the severe com­
plex waveform nhrations of concern. 

A "Ghronological Bibliography on the Biological 
'-;ffects of 6ibration", by Carl Clark and Keith 
i,cCloskey 2 , similar in .format to the "Chrono­
logical Bi~iography on the Biological Effects of 
Irnpact.1122 , , is in preparation. 

Jostle with the Navy Johnsville Centrifuge 

Centrifuge jostle is obtained by varying am 
and gimhal aneular velocities, using a "white 
noi se" electrical source sha!)ed electronically 
to give the desired Gz power spectrum. These 
variations mnst be precisely controllea28 in 
amplitude and phase in order to simul~te particu­
lar time histories of the three linear acceler­
ations . The simulation may be described as 
follows: moving base Navy centrifuge jostle 
simulation, with three degrees of freedoo of pre­
programned jostJ.e motion and pilot controlled 
maneuver motion, with pilot controlled display and 
three degrees of freedom of flig.~t mechanics com­
putation. 

As shom in figures 5 and 6 , it is difficult 
to eli.~inate the Gx acceleration artifacts. For 
large and rapidly varying linear accelerations, 
the angular motions of the centrifuge gondola 
are also large, as illustrated in figures B, 9, 
and 10, for a 5Gz haversine wavefonn of 10 second 
period. These angular motion artifacts can be 
nauseating, producing performance artifacts. The 
centrifuge is most useful for simulating fiight 
accelerations above perhaps JG, for variations at 
hi3her accelerations require smaller girnbal 
motions . 

On the other hand, flight jostle generally in­
,:-olves angular as well as linear motions . Jostle 
with the three dP.grees of freedom of control of 
the centrifuge does indicate sa,e of the restraint 
and control problems which might not be apparent 
on a vertical accelerator with only one degree 
of freedom of motion. If low amplitude jostle is 
considered acceptable on the centrifuge, it would 
probably also be acceptable 1n the less severe 
actual night conditions . 

Although -Oz accelerations can be provided on 
the centrifuge by tipping the subject' s head 

"outboard" , rapid oscillations fran +Oz to -Gz , 
nassine smoothly through 00, can only be provided 
-at points away from the center of the gondola, 
using rapid gondola rotations out from under the 
subject to gi ve brief moments of true 00 or -Gz• 
The potential of this technique is illustrated in 
the bottom tracing of figure 11. Although the 
centrifuge an,,. begins to have amplitude l.oss near 
1 cps., the gimbals can follow motions to about 
5 cps. 

Under usual conditions, when thP. computer 
camnands a resultant acceleration of less than lG, 
the centrifuge simply stops. In order to avoid 
this continual starting and stopping, a "bias 
acceleration" of 2 or 2 .;,G was utilized, a tech­
nique first suggested for use at the Johnsville 
centrifuge by the NASA Aines group (B. Creer, 
M, Sedoff, G. Rathert, R. Wingrove, et al . ) . Hence 
with a jostle or pilot maneuver input., the centr i ­
fuge would speed or slow about the 2G level . This 
provides acceptable silllulation of low anplitude 
jostle, but at higher amplitudes the very important 
non-linear effects of lifting out of the r estraint 
systen ~en passing throueh 0G are not provided 
on ~h~ c19trlfuge except with the offset seat 
po31t1on • A vertical accelerator provides a 
better simulation of flight jostle than the present 
Johnsville centrifuge. 

A brief examination of tolerance to acceleration 
events repeated within seconds was mode. Three 
subjects were used . One blacked out with a 4. 2Gz 
haversine of 30 second period and the other two 
greyed out at a 4. 0Gz peak. The first again 
experienced blackout with the first cycle of a 
4. 0Gz haversine of 15 seconds period but had clear 
vision for the second cycle . The other two, with 
dimned vision on the first cycle, had clearer 
vision on the second. There is a conditioning 
effect of an acceleration event. 

~Tith a 4. 0Gz haversine of 10 seconds period, 
the first subject had a visual dimming on the first 
and third cycles; a fatigue or decornpen3ation 
effect may be setting in. The second subject had 
a dimming on the first cycl e , but clear visj_on on 
the next t ... ~ cycles . t·'ith a 4. 8G haversine of 5 
seconds period, the first subjectzhad no visual 
dimming for 6 cycles, and the second subject had a 
similar experience with 4.5Gz peaks. 

Centrifuge response capabilities l imited study 
with higher haversine peaks of shorter periods, 
although the Johnsville cent rifuge has been used to 
show human toleranc;e to a single 15Gz. "spike"of 
1 . 75 seconds width 4 , with the rp.mbal.s pre­
positioned, 

A curve showing RMS g tolerance versus 
frequency woul~

4
therefore rise f r om the 2G peak for 

24 hours point toward the 4Gz peak blackout level 
to some higher Gz value for repeated acceleration 
spikes near about 1 cos (with the maximum tolerance 
eX!)ectedly - on a teleological basis - in the 0 .5 
to 1 cps range of walking) then falling again as 
the torso resonance frequency (4- 8 cps) is approach­
ed, then rising again at higher frequencies of the 
seat motion , As specific points , the first subject, 
discussed about, exper ienced a 2. ,0z peak haver sine 
waveform (1 . 2g RMS oscilJa ting about 1 . 75Gz) of 
3 second peri~ for 5 minutes wit.~ only moderate 
post- run nausea, and the second subject experienced 
a 1 . 6 Gz peak haversine wavefonn (0.2g2 111-IS 
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oscillating about 1 . 30) of 2 second period for 
5 minutes with only slfght post-run nausea . 

It is interesting to note that head motions in 
these multiple rotation jostle environments did 
not se0'l from brief observation to be as dis­
orienting as head motions in a ;steady rotation 
situation. In the latter case2u, for a body 
rotation of 10 rad/sec (2G centrifugation) head 
motions such that the vector product of the head 
angular velocit;y and the body angular velocity 
exceeded 0 . 06 radfl sec2 were discernible as a 
Coreolis illusionuu, and (in brief observations 
with one sub~ect) if the vector product exceeded 
o.6 rad2/sec nausea developed, In t~e jostle 
situation, perhaps the short duration of any 
particular rotation rate or perhaps the lack of 
distinguishability of a rotation illusion from 
an actual rotation a moment later seens to 
suppress the nausea level, although eventually 
centrifuge jostle becomes nauseating. 

Jostle with the north American Aviation "G-Seat" 

A moving base simulation of flight jostle was 
carried out in June, 196o, with the North Alllerican 
Aviation, I nc , 11G-!leat11 (figure 12) with one de­
gree of f r eedom (vertical acceleration) of pre­
programmed jostle motion, pilot controlled maneuver 
mot.ion in Gz, and pilot controlled display (roll 
and pitch changes), with three desrees of freed0111 
of flight mechanics computation, Fig. 13 shows 
the frequency response capabilities of th,i G-seat, 
and Fig. IL shows the power spectrum31, 5 of the 
jostle motion of concern. The power spectral 
densi t;y ordinate of this figure is &iven in units 
of sec -1 , representing ~ensity in units of g2 per 
cps normalized by the square of the Rl-!S jostle, 
in g units , times a constant with the value of 
20 sec. Di.mensi onally: 

(KgR11S)2 

In actual night57, jostle lE>vel (repre11ented 
by an RMS g level, and also possibly a chanring 
power spectru.'11 shaoe) will vary with time31 . 
Indeed, if this change is too rapid (less than 
perhaps 20 sec. of fairly consistent jostle) the 
power spectrum description of jostle is not ade­
quate , for this description assumes a "stationary 
random" pr ocess independent of phase relationship , 
In such cases, it is urged that the entire time 
histories (ideally of three linear accelerations , 
three angular accelerations, and three angular 
velocities) be given. Moreover , until the power 
spectrum description is more familiar to biolo -
gists , representative actual acceleration time 
histories shoulu be presented even in cases in 
which the power spectrum description is adequa te. 

There are cases in nieht in which the complex 
wave form jostle is not a "stationary random" 
process, with continuously ("randomly") varying 
amplitudes and phase relationships of the different 
freouency components , but is a true oeriodic com­
plex waveform. It then has constant phase relation -
ship and amplitudes of the different frequency 
components , suitably represent ed by a Fourier 
analysis of these amplitudes and phase relation­
ships, often with narrow band resonances of 
partiMllnr vehicle structures clearly distinguish­
able . 

As at Johnsville, the jostle COmf!land signal 
was generated by shaping a "wt>i te noil'P.11 electric 
source with a filter cf proper transfer function . 
In addition t~e pilot operated a usual center 
control sti~k in pitch and Mll, wit." pitch 
commands affecting through the vehicle response 
equations both the G-seat motion and ~isplay 
changes, and roll co111111ands affecting only the dis-
play• 

Because of the limited travel of the G seat 
( ~ 5 feet for r egular use) , maneuver loads would 
initiall y be felt , but would be rapicly "washed 
out ," with the G seat having a bias drift back to 
the center position. This can be seen in the 
lower part of Fi gure 15, in which the command 
channel shows maneuver loads , but the response 
channel does not, Indeed with large maneuver load 
co111111ands it was possible to brieny bumo the G-seat 
against its top or bottom limits, as sholffi in 
Firure 15. 

The RMS g values used in this reoort are the 
expected response values . Unfortunately, equip­
ment was not available to determine the actual R-lS 
accelerations. The measured seat acceleration time 
histories ar e however quite reasonable for these 
expected response values, with peaks of L times the 
RMS b value every few seconds for example. The 
panel accelerometer values are means of many read­
ings which, of course, represent maximum seat 
response maneuver plus jostle loads during an 
entire run. These maximum values may not be 
observed during a particular brief tirile period of 
an accelero!'lleter recording (for example, Figures 
15 and 16). 

The pilot wore a Navy torso restraint system, 
with attachments at the shoul~ers ~nd aides of 
the hips . His primary display was a five inch face 
oscilloscope. His task was to follow a com~and 
line movine in response to three sine waves with 
LL, 19, and 13 second oeriods with relative ampli­
tudes of 6 to L to 2. Pilot anticipation of the 
task reauiremP-ntB were provided by two additional 
scope lines, of decreasing length, which indicated 
the task oositions one and two secon~s later. 
Vehicle roll was indicated by another line on the 
scope, The task was to track in pitch and hold 
roll O, correcting for any involuntary or unin­
terded inputs in roll. 

A green light above the panel oscilloscope was 
on if the tracking error was less than a relative 
ampli tude of l (i.e. l/i2th of the task range); 
the time t.his light was on durill?: a typical 100 
seconds of jostle was recorded. A red lieht came 
on if the tracking error exceeded about a relative 
amplitude of 10, i . e . 5/6 of the task range; the 
nwnber of these events were ~ounted. See the 
classii'ied reports for further details o~ th~se 
tasks. 

The pilots tracked without motion, t.'1en with 
maneuver loads only, then with increasing levels 
of jostle of 0.15, 0 .35, 0.50, and 0.70 gz RMS. 
Subsequent exposures with the same subject did not 
repeat this entire set. Fourteen subjects made 70 
moving base runs; tnis can only be considered as a 
preliminarv study. Three runs were of longer 
duration: O. J5gz R.'IS for 15 minutes, 0.50gz RMS 
for S minutes, and 0. 35gz RMS for 30 minutes 
(Solliday). 
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Complex 1.'aveform Jostle Tolerance 

For the accelerati on power s..,ectrum u sed (Fig­
ure lh) , the jostl e was not unconfortable lL'1til 
t11e soinal axis loo.d went below 00 , and the 
pilots bec;an to lift out of their ~eats. Table I 
sUllll!larizes the jostle levels used, and 

Table 1: J cstle Conditions 

C('llllputed 
Jostle Measured 
Accaler- Cockpit 
ations G Neter 

0 0 to 2G z 

O. lSg RMS z 
0 to 2.SG z 

0 .35 - 1 . 2 to l.t . CG z 

o.so - 2 . 5 to s.co z 

0 .10 - 3.0 to S. SG z 

Pilot 
CoMment '1'olcrance 

Maneuver leads A plea:;ur e. 
only. 

Mild turbu-
lence . 

Very severe 
turbulence. 

Never more 
than one of 
t he:;e jolts 
in flight . 

S t:i. lJ. ilying • 

Not uncom­
fortable . 

Wat:i.gue liJ'n­
i ti.ne in 30 
minutes. 

Not liJ,ii ting 
in S min­
utes. 

Not limiting 
in 100 sec-
onds . 

their effects. Following o. 3Sg RMS , the panel 
a ccelerometer with maxi.mum and iini.trum needles re­
corded -1 . 2 to 4.00 . The torso restr aint system 
was inadequate, eve~ with very t i ijlt straps, to 
hold the subject L'1 h~-s seat , The uilot would 
therefore ber:in to II s;,lint" in place ' pushing on 
the rudner pedals tc force the shoulders against 
the seat back and r educe oody 11 slao'' in the re­
straint. To the exocri enced pilots the 0 .15g R!·iS 
level felt like flying a f i e;hter aircraft in i%.ud 
turbulence, and t.he 0.35gil·IS l evel felt, like fly­
ing in very severe turbulence. Hi[11er levels, ex­
cept for perhaps single jolts had not be~'1 exper­
ienced by the p:ilots in fl. i c;ht. 

These hifjler levels ccrJ.ln ho,;ever be tolerated. 
The o . 5g~RMS level, with accelerometP.r swiru::s from 
- 2 . S to $.OG , required vigorous splintine. Some 
subjects als~ forced their helmets a<"ai11:it the 
se::it back, to reduce head II slap11 1ihi;r would "lXPOSe 
t he head to far higher accelerations than the seat. 
Other 51.1bjects, ":Jy tipping their heads foruard and 
with perhaps faster neck reflexes , <lid not atte ,pt 
to lock their heads in posi ticm u.'1til the o. ?~ m;s 
level. z 

For these hiahly motivated subjects doing a 
trad{ing task which held ~1eir entirP. attention , 
"tolerance11 of these jostle levels seemed essen­
tiall y fatigue l imited . Even the o. ?Og ru!S level, 
,d.th acceleromet~r swings fran - J . O to ~S.5:1 , had 
as its primar.r disco111forts the head and bod~ 
"slaps" due 1.o motion witl1 r esnect to the seat and 
the fatip,ue of tryir!g to S?lint or lock t.he body in 
place, :1ot lirlitin3 in 100 seconds . One pilot tol­
er ated the o. 50t::?MS l evtl for 5 min,~tc:i and co'.lld 
have i::one loni;er. Anoth •'!!' subject tolerated 
O. 351; !l!!S for 15 nin,ltes and could have eone l on::;er . 
Anoth~r s11bject, after JO minutes at 0 . 35gz1"'.1lS , was 
glad to sto!"), a11.d :'Alt that this d1Jration was close 
to his i'at.iS"Ue limit \llllf'SS he had ext,rene moti­
v,ition, 

Two subjects experience.:] ,1i. ~:'r!: 0 ,:- durinrr the 
ex-ieriment 1 a ttrib'1ted to other causes . o;;e sub­
ject experienced a 11pullin;;;11 sens.:,tior. u."lder the 
seventh rib on the left side f::-om 30 mir.u t,es 
(delayed onset) to 5 hours after a sot of jostle 
runs. Several 3Ubjects experienced brief headaches 
durill!; their runs, ~ttributed to helmet contact 
a.;ainst the cockpit. '!'he G- seat rw1s were neither 
nauseating nor disorienting (althou~h the cer.tri­
fu~e jostle runs of t.en we:i:-e). Hicroscopic examin­
at:i. on of the urine indic1ted no blood due to the 
jostJ.inz. 

. It was felt that tolerance could be extende9 by 
usinR an iJltprove.::l restraint, as hSg been shown 3 
p~rhaps_usinc inflated air bags1 ' to allow rapid 
tJ.ghtem.nn o~ the restraint just or:Lor t,0 use. A 
foaJ11 restr.:ihnt system (ngure 16) is also under 
development 7. 

The tolerance observed 1r. this e:;cneriment is 
comP.cmsurate with other experiencP.h2,12 that above 
O. Jg h\Unans are incre;isingly unco:n:'ort3ble, with 
diffe::-ent "tolerance" valuE's expl.1inablc perhaos 
in terms of differences of task conpl exity and­
motivation, Brief observation sug~oJts that 
o,- 1~zR!lS of _cOMplex waveform is l e~s comfortable 
than 0 , 36 P.l·iS of a l ow freqt\em:y sine wavefor:n, 
beca~e of body and head "slap" problefTls . A s:,'s­
tenatic co'llparison pro~ram would be ap,iropriate. 

Performance 

Fie;ure 17 s-11ll!'18ries the tracl:ina perfor:nance of 
the nine pilots. The-1 exr~rienced" the low jostle 
levels first; they learned to :mlint in place min­
imize involuntarf control inputs, and not be ' 
st~rtled or unduely distracted by ~~e jostle ex­
perience . LearninP; 11plateaus 11 were probabl y not 
re,1ched however . 

The pilot 11it!1 the best tracki~ was able to 
st.'.ly wi t'iin tile loose error toler ance even at 
O. ~gz:-U:S but his time within the t i ,::,h t error tcl a r ­
ance was c1lt fr o~ 5!i to 26;~. The nean scores on 
the other hand mow, at O, Sg :U·:S , errors beyond t,he 
loose tolerance abo1;t every 5 seconds and t.ine with-
11:1 the ti -ht tolera•ice cut. fran 32 to 13%. The 
pilot , emerienci:1g accelerations in the r ange of 
- 2. S_ ~ S, f\4z ' could not be said to be fl.yin[; with 
precision, as he exnerienced co~sinerable involun­
tar; control in9ut in botl1 r ol l and pitch , 

The display , wi. th its four rnovin" lines on the 
:;cope_ face, was not always readily interor eted by 
the . pi.Lg+-": al thoueJ'l "double vision" due to vib-
ra ti on5., did not occur . !ience d1.irin!! severe jostle 
decision delays expectly inr,re~sc-d (althou.-:;h not ' 
dircct.J.y measured) and vol untary control action in 
the wren;:: direction increased, The pil ots found 
t,e panel lights L1dicotinf, tight and loose toler ­
ance err or helpful in rnalcine co!1trol decisions . 

It would be appropriate to develop this use of 
lights to red,;ce the require:-ient fnr clear vision 
by the pilot . In a severe motion e :wirott."\ent the 
displ zy should be useable even if the pilot is 
jounci.Jle wi.ti1in the cockpit. An ideal displa-,r for 
a previous l :r planned fligi1t path 1:ould orovide him 
with indications of the optimUlll control· for him to 
mal;e to follow the desired path , with a one to one 
r elationshi p, without crosstalk, of the display 
par ar,ieter and the particu.L:l r control nora~eter 
required. 

184 



The task used was severe, requiring coll'Stant 
·1 ttention by the pilot . In a nlll1lber of casc:i, 
questions to th? pilot during jostle , or state­
nent s to hi.Jll $!Ch as 11The rnovie camera is start­
ing now'' led to his developing large night path 
deviations. Qu,estions which required repeating 
back nl.llTlbers in the answer -were answered in­
carrecUy (at O. J5g Pl~S) , due to the necessary 
task concentration. z Glances to other parts of the 
instrwnent pane1 or outside the simulator often 
preceded large fliP,ht pat.h deviations. Pilot con­
trol durine; severe jostle is jeopardized, and re­
quires his full attention. 

Control 

Figure 18 shows typical pilot pitch and roll 
controls , At O. J5g ms, involuntary inputs are net 
obvious to the pil~. At o.5g RMS involuntary in­
puts veco>ne obvious. In the l~wer part of F~eure 
13, involuntary pitch and part'l.cularly roll 1.nputs 
are shown accompanying acceleration peaks, For_Gz 
motions , invol•untary roll control becoMes espe~:i.­
.<illy troublesom,e When a jostle peak occurs dunng 
a roll innut, and hence when the weight of the 
stick acts wit.h a nonent ann about its fioor pivot. 
LTJ the jostle einvironments ryarticularly, abrupt 
control "pulses'" are frequenUy teminated w-i th 
overshoot in the opposite direction (Figure 19). 

A side ann c,:mtrollcrlS' would oro~ably give les, 
invo:!.,.intaiy con·trol inout. A "digital control" 
(?i=re 20) oroposed by the authorl8 could be used 
with evm grea tier certaint:, of !'!18.ld.Il(; definite 
control signal:,; in th,.. presence of jostle "noise" . 
?ush button ooerati.on generates a signal of pre­
cise magnit~de orecisely terminated without over­
shoot when the button is released (Figure 19). 
This digital or switch control is particularly 
useful when tile pilot is providing stability aug­
nentati.on, danp:Lng oscillatiors at 0 ,3 to ) cps. 
Control ll'ain is chanr,ed b:r a to~P)..e switch on the 
controllers . Oni? of these also has tri.J,i knobs for 
providing 10',l f'l~equency analor control. 

Cor.iparison of the Effects of Different Jostles 

It would be desirable in soecifyil'\'i: a randan 
josUe for biol.,gists to give not only the RMS g 
level and the acceleration power spectral density 
but also to eiV(? a more readily recognized dis­
tribution of ac,:eleration peak hei111ts, in the 
form of the standard devi'ition of peak hei{glts, 
and some "rclatj,ve jostle biological effectiveness" 
frequency weighting function to all01, the compari­
son of the biological effects of jostles w1 th 
different freqUE!nC'J components. Thi.s "relative 
josUe biologic~tl effectiveness'' (RJ'9E) wei1;11ting 
fur.ction is anal.ogous in conceot to the 11relati ve 
biolo~cal effectiveness" concept used in high 
eiergy radiatio111 bi olcey-, am has analogous 
limitations that. the effects with different jostle 
frequencies, or different radiations, m<o/ not be 
comparable. One must specify the effect, such as 
lethality, nause~, body core temperaillre elevation, 
tracking control. performance, visual resolving 
power, etc.: the relative josUe biological effectr 
iveness functions vs . frequenC'J will preSUJTlabl.y 
differ for these different effects . The "toler­
ability" RJBE function for a seated 1118n with lap 
belt and shoulder straps 1·10uld have the general 
dependence on freque,cy discussed in the Vibration 
Studies section, with a mini.mum at the boczy­
resonancc frequency range of 4-8 cps, 

For an acceleration power spectrum ff' , vs. 

frequency f' J RMSg = [ f i d r] i 
We may then define f t 

biological effect m-1Sg • [[ f"; RJ'J3 t.f d fJ 
using the appropriate relative jostle biological 
effectiveness frequency !unction for the particular 
effect of concern, and 

the biological effect power spectrum • !;R.18~ 
'-;e m:!t.1~s~:~~= RJBE = fff ~:TBE-Al/J1,cJf 
which eX'[)erim,:mt m~ show is adequately represented 
by -

total spectru111 RJRE • Rl',Sg at 5 cps 
Rl1Sg of t'1e jostle 

for those RMS g values required to nve -t.he same 
biological effect. 

Note that for two different acceleration power 
spectral source-s, whenJ'f, RJBEdl•SJ~ RJB!i=tf; 
that is when thP biological RMS g 1 s are equal, t>ie 
same biological effect should be observed. Equa­
tions of thio form mnst be adjusted to give the most 
suitable relative jostle biological effectiveness 
functions ; it is expected that the use of the S' cps 
sire wave as a standard m~ not be adequate for 
:nany biological effects. 

Until farther infarnation is available, a pre­
liminary tolerability R.JBE[function might be based 
on one tent.h of the reciprocal Q; tt~ vibration 
tolerance for Military- aircrartJ , , exter.ned in 
frequency range, hence with the following values: 

Table II 
Preliminary Rel.a ti ve J ostlP-

Frequency Biolocical E.ffectiveness 

O - 0 . 2 cps 
0 . 2 - 1.0 cps 
1.0 to 20 cps 
20 - 100 cps 
> 100 cps 

0.01 
0 . 07 increasing to l . Off' 

1 
l . O decreasing to 0 . 07* 

0.01 
With linear RJRE changes when plotted as log 

RJBE vs . log frequency. 

'further work must esUlbl.iSl the inproved form of 
this function . As noted above, in the 0 . 2 to 
1 . 0 cps range, acceleration tolerance may actually 
show a peak, or RJBE may decrease l:>elow o,.07 
befcre rcturni~ to 1 . Between 1 and 20 ,;ps 
a curve more accuratel)• indicating body rosonance 
rnay be required . Likewise at some frequency above 
100 cps, the tol erance RJBF. presumably further 
decreases, since tra:1smissibility decreasEis, al­
thouf!J) skin damage rather than rl.ePper intm·nal 
discomfort becanes the basis of tolerance estimation. 

Unfortunately we are still in an eu-ly period 
of acceleration measurement in which measurements 
must be analyzed .wi t.h caution because of t.1'1e 
frequency characteristics of the transducers. 
Cer tain accelerometers will not respond tc, fre­
quencies above 20 cps, and others will not. respond 
to frequencies above )0 ens, for example. One can 
conceive of a "biological acceleration" meter, with 
a ~·dative jostle biological effectiveness weip,ht­
ing function filter . It can be seen that accel­
erometers recording the frequency range of 0- 20 
cps r:ive a better measure of biological tolerance 
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t.t1nn those rec~•rdL11g just frequencies above 20 
cps . Usint'. thE! "biological acceleration" meter, 
one could then determine a biological !ll'.S g and a 
standard devia 1;.i on (S' of this PJ-:.S g. Then 9°. 7% of 
the acceleraticm peaks :i..'llport.Ant to the biolo[;ical 
effect of a ti me hi.story would fall within the 
ran'"e of the b:1 ological Bl1Si; ! 36. TJ:iis acceler­
ation descript:Lon :nay be used with gr eater ease 
than one which requires interpretation in ter ms of 
a power soectrum. H0 wever, until the more nrecise 
form of the relative jostle bioloEical effective­
:10ss funrtion ,can be determined, RMS g values 
should be s~ecified with an associated power 
spectrlllll . 

A report lby Parks 65 comparing tracking per­
forSJance while eY.peri0 ncing complex wavefonn or 
sinusoidal vibrations in•;;r;este sol'le of the ideas 
developed in this section. He says, "In swnmary, 
there is evidence that a transfer function can be 
found anrl that data derived with sinusoidal data 
may be extended to co~plex patterns of random 
vibration •••. •. lesults of this experiment show that 
the phys1cal description which could serve this 
purpose may be a combination of frequency and some 
factor rel11ted to FJI.S . " (i.e. RMS g) . Buchmannl 2 
also reviews the probleM of establishing a ~athe­
~atical means to com~re the biological effects 
of d'ffe~ent jostle environments. 

Conclusion 

'I'h!s prelill'linary study has indicated that 
pilots can tolerate for at least 100 seconds and 
carry out sor.iEi useful control up to at least a 
jostle le..-el c,f o . 7~RMS. Training in these 
enviroMents in techniques of braci ng to reduce 
body and head "slap" and r educing involuntary 
control input is reco~enderl for these expecting 
to enter such environments either during normal 
or emerpt>ncv operations . Imrrovements of re-
s t.raints, displays , anrl controls could ext.end 
man' s usef1•ln1!ss in these envirollfTlents . 

Summar-iJ 

Problems of terninology of acceleration and 
fli!')t t simula -t.i on are reviewed, 'llith a preliminary 
historical review of particularly .moving base 
flirht simula t:J.on. The capabHities and limit­
ations of the Navy Johnsville human centrifuge and 
the North Atneirican AVia t.!. on ( Colwnbus) 11G- sea t " 
for josUo simulation are presented ; the latter is 
more real isti,: . 

For jostle acceleration power spectra peaking 
near 1 cps , limited flii:,'ht control could be main­
tained at a j,o'3tle level of 0 , 35g

2
RMS, equival ent 

to aircraft r,esponsc to very severe turbulence, 
with panel accelero~Pter readings between -1 . 2 and 
4.0Gz, maintained for 30 minutes . A jostle of 
O. 70gzRlt<;, with panel a:ccelero~ter readinrs he­
tMeen - 3 and 5.SGz, could be tolerated for at 
least 100 seconds , although wi tl1 severe but far 
from co~plete control loss . For these jostle 
conditions , tolerance was fatigue limited, rue to 
muscular efforts to stay i n place in the cockpit. 
The torso restraint is inadequate for jostle 
conditions considerably more severe than those ex­
perienced in present aircraft. 

Potential develop,ients of restraints, displays, 
and co~trols for use in severe jostle environments 
are noted . A "relative jostle biological effect-

18b 

ivenes s" concept is suggested for test as a means 
of comparing the biological effects of j ostle 
envi r onments wi th different f requency components . 
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(Dorechons Are Those of Heort Displocement, With Respect to the Skeleton) 

Lineor Accelerotion Modes 

Oescnphon of Heorl Motion 

ACTUAL OTHER DESCRIPTION 

Towards spine Eye·bolls•in Chnt-to·bod, 
To-,,ards stun"m E~·bQlli·out 8od,•1o-chUI 
Towo,ds ru, 
To•ords htod 
Towards ltH 
To<w01ds riqhl 

Eyt-·bolls•down Heod-to· foot 
Eyt-botls• up foot·to·heod 
Eyt·bolls· ltft 
Eyt·boll1•ri9ht 

NG• i . NI G. • Ni G..,. N, Gt 

N1 
• N,1 • N,.'-• N.1 

Angulor Accelerotion Modes 
AC::flffo11on obou1 X·ous (Tht htot1 rolls ltft in tht ch-tst) 
A.cc.tlt,olion oboul Y•o,:is (Tht htort pilthH do• n) 
A.cct-lttolion oboul Z ·oxis (The heo,1 yows left) 

.!lli!D'.!;.f!Q!! 
•G, 
-Ga: 
•G1: 
-G,: 
•G,, 
-G,, 

Fi;;ure 1: The physiolo,;ico.l accelerati.on 
terminology. ( Official U. .S . 1:avy 
photor;raph) 

<(\_~'JffN,G, ~ - , 

N,G: , n
1 

N,G, 

Linear Acceferolion Modes 

Description Symbol 
Aircraft Physiologico I Aircraft Phy:siologicol 

Forword Supine G +Ox •N, Gx 
Bockword Prone G -o, -Ni Gx 
Upward Positive G -a, •N3Gz 

Downward Ne9ative G •a, -~Gz 
Streight and level lligh1 ot constant speed OfO, n11g ~l{,z• I Gz 
To righ1 Loter01 G +ay •~Gy 
To loll Loterol G -Oy -~Gy 

Angular Acceleration Modes 
Roll right The htorl rolls ltlt •I> •~Rx 
Pitch up Th• heort pitches down -~ •N~Ay 
Yow, ri9ht The htor1 yaws l•ft . ; -N,.Rz 

Figure 2: A comparison· of the physiological 
and !USA aircraft acceleration techniques. 
( Official U. S. ila vy pl,o to2;raph) 

Fii;ure 3: The "instrument box on the turn­
ing chair", and airplane with hood for 
blind flight , (From Isaac Jones: Flying 
Vistas : The Human Being as Seen Through 
the Byes of the Flight Surgeon. J, B, 
Lippincott Co,, Philadelphia , 1937, by 
p~rmission, 

Figure If : The ;iavy Johnsville Human Centri­
fuge. (Official U. S . Havy photo; r a;:,h) 
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Fi_;u;·e 5 : _.cc~lera tions c or.t»t: ted for a n 
X- 15 re -entry with ss,eed brakes closed 
and pitch damper off, and Navy centrifu~e 
simulation by cam control. (Official U, j , 
N1a_vy photogr.:iph) 



Figure 6: Accelerations computed f or an X-15 
reentry with dampers off, arxi Navy centr ifuge 
simulation by pilot- computer control. 
(Official u. S, Navy photograoh) . 
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Figure 7: Acceleration vs. time capabilit ies 
of var iou s mot!.on simulation devices . 
(Offi cial U. S. Navy photograph) . 
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Figur e 81 Navy centrifuge gimbal responses for a 
5Gz penk havcrsine waveform, 

:-i t~e 9: Navy centrifuse gimbal velocities and 
accelerations for a 5Gz peak haversine wave­
form. 
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~i~ure 10: Physiological angular v el oci ties 
(R) arrl angular acceler ations (R) for a 5G 
p-:Jak haversine waveform on the Navy centrifu~e. 
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:·igure 11: Jo,stJ.e accelerationz with the llavy 
cer,tri f'i1 "'e<. 

;o'i.gurP. 12. The, Norch AMerican Aviation (,ol11rnh.:s) 
"G-seat." (Courtesy of North /Jneri.can Aviation, 
Inc.) . 
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Fi~re 15: Jostle time histories with the G- seat. 

Figure 16: The Navy polyurethane fc,w1 restraint. 
(Official U. S. Navy photograph) . 



CONTROL PERFORMANCE VS VIBRATION LEVEL 
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Fi"ure 17: 'I'racking performance on the G- seat. 
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Fi;::ure 18: Pilot control responses on the G-seat. 
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COMPARISON OF CONTROL STICK RESPONSE 

IGH FREQUENCY CONTROL 

THE ANALOG (USUAL) CONTROL STICK 

~ 

O. 3 aeconde 

THE DIGITAL CONTROL STICK 

Figure 19: Typical control pulses for the analog 
and digital controllers. 

Figure 20 : Two early designs of di~ital (push 
button) controllers. 



CREW SAFEl'Y AND SURVIVAL ASPECTS OF THE LUNAR-LANDING MISSION 

Hubert M. Drake 
Chief of Programs 

NASA Fli ght Research Center 
F.d.wards, California 

Abstract 

Some of th,e safety and survival aspects of 
the manned lunar- landing mission are examined . 
The conditions requiring abort to the earth, lunar 
orbit, and luna.r surface are determined . Some of 
the possible design requirements to permit abort 
to lunar orbit -or surface are indicated . Lunar 
orbital and surface survival kits are described, 
and the stationing of such kits in lunar orbit and 
at the intended landing site is proposed . 

Introduction 

A manned lunar-landing mission includes all 
of the safety and survival problems of earth or­
bital and lunar orbital missions, plus problems 
that arise from flight phases peculiar to the 
lunar landing . For example, the lunar landing 
involves several additional powered phases and the 
danger of landing accidents on the moon, with 
resulting problems of survival . Phases cOJm11on to 
other missions, such as boost, earth orbit, trans­
lunar flight, lunar orbit, and earth recovery are 
not considered in this pa.per, since these areas 
are covered ade·quately in other investigations . 
The lunar-landing mission is considered from the 
standpoint of the initial exploratory missions; 
that is, no permanent lunar base is assumed to 
have been established . 

In this pa.per, the term "safety" refers to 
the escape and survival of the crew should an 
emergency or ac:cident occur . The term "survival" 
refers to the J.ong-term aspects of the crew exist­
ence after an erraergency. Rescue would be included 
in the survival area . 

An indication of the extent of the problem 
and the flight phases to be considered is given in 
figure 1 . A small sector of the moon is shown, 
and the trajectory of a vehicle landing from l.unar 
orbit, then talling off to return to earth is 
indicated . In general, the four flight phases 
are, as i ndicated : phase 1, the lunar deorbi t and 
approach; phasE~ 2, the actual lunar landing; 
phase 3, lunar residence, which includes all the 
time spent on the moon; and phase 4, the lunar 
take- off which extends from the firing of the 
take-off engines to injection into lunar orbit . 

Also included in figure l is a list of perti­
nent items such as the altitude, the character­
istic velocity increment involved in each of the 
four flight phases, and the approximate duration, 
in minutes, of the flight phase . Phases 1, 2, 
and 4 are characterized by the operation of the 
main propulsion system, maneuvering, and possibly 
staging. Phas,~ 3 is primarily characterized by 
long duration, while phase 2 has the added prob­
lem of lunar i.Jnpact. 

Obviously, any number of emergencies and 
accidents could occur during a mission such as 
that illustrat,ed in figure l which would result in 
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safety and survival problems . The presence of man 
in the lunar-landing vehicle both compli,cates and 
simplifies the problem because, although the 
requirements for provision of safety and survival 
are much more severe, the man can be relied upon to 
take a personal and active interest in the matter. 

Considerations of safety are limited to 
phases 1, 2 , and 4, inasmuch as these phases 
involve powered flight. Phase 3 is discussed in 
the following section on survi val . 

System Failures 

Some of the critical system failures that 
might occur in phases 1 , 2, and 4 are sh.own in 
figure 2 . A general safety requirement might be to 
always provide a way out following one f'ailure 
(preferably two in series). Figure 2 lists how 
this requirement might be met for several systems . 
:Emergencies are presented in 9rder of increasing 
urgency : those requiring no immediate abort; those 
which may require immediate abort, depending on the 
conditions prevailing at the time of the failure; 
and, finally, one which requires immedia.te abort . 
These, of course, are not all of the sys,tems in the 
spacecraft, but are representative of the various 
types . It might be noted that under saf'ety provi­
sions, redundancy and repair are the mos:t important 
factors for all systems except structurei and pro­
pulsion, for which repair is the primary provision . 
Redundancy is generally the only accepta.ble safety 
provision for failures occurring during power- on 
operations such as in phases 1, 2, and Ii., but when 
conditi ons provi de adequate time, it is possible 
for the crew to take action to perform repairs. 
Thus, on the surface of the moon or in lunar orbit, 
the original capabi lity and reliability of the 
systems may be regained if suitable equi.pment, 
parts, and skills are available. 

Abort Requirements and Goals 

Abort requirements and the goals of' abort 
should also be considered in a discussiC>n of safety, 
inasmuch as abort is the last resort fol.lowing 
emergency. Figure 3 shows the characteristic 
velocity requirements for abort to each of three 
possible target areas : the earth, lunar orbit, or 
the moon . These three locations, of course, have 
different levels of desirability and attainability, 
depending on the flight phase when the emergency 
occurs . For example, if an emergency oc:curs just 
as deorbiting is initiated, it is obviously pos­
sible to return to the earth or to the lunar orbit 
with much less expenditure of energy thsm is 
required. by an abort to the moon . Conv~,rsely, if 
an emergency occurs during the final phstses of 
landing, aborting to the moon involves nruch less 
energy than to the earth or lunar orbit.. Omitting 
the earth, the choice between abort to the lunar 
orbit or surface is dependent upon design, supply, 
and survival considerations to be discus;sed. 



It might b,e noted in ngure 2 that only fail ­
ures of the propulsion system require innnediate 
abort . Various propulsion configurations can be 
utilized to obt:ain the 17,000 ft/sec velocity 
potential required to land on the moon from lunar 
orbit and retur:n to earth . Figure 4 sh0,1s exam­
ples of some of these con:figurations, with com­
ments on the results of propulsion failures . The 
first configuration .consists, essentially, of a 
single stage for lunar landing and earth return . 
With this confi,guration, any failure in phase l 
and 2 results in a crash on the moon . In phase 4, 
if a failure occurs below orbital velocity, a 
crash results; whereas, at velocities above orbital 
speed, the vehicle can remain in lunar orbit . With 
the second configuration, a separate stage is 
indicated for earth return and lunar landing . 
~ilure of the lunar- landing stage in phase l or 2 
permits the use of stage B to abort to the earth, 
lunar orbit, or the moon, since sufficient velocity 
potential exists in this staae. If stage B fails 
subsequent to a stage A failure, there is still a 
possibility that the vehicle will remain in orbit 
rather than crashing on the moon. Phase 4, in 
this instance, is the same as phase 4 for the 
single- stage vehicle. The third configuration has 
three stages: lunar landing, lunar take-off, and 
earth return. In each phase there are two propul­
sion systems that can fail without a resulting 
crash . It might be noted that for all three con­
figurations, failures in phase 4 preclude abort to 
the earth. 

Safety considerations of another possible 
operational technique and group of propulsion con­
figurations for the lunar landing are shown in 
figure 5. A sml!l.11 vehicle is assumed to leave a 
mother vehicle in lunar orbit, make a landing on 
the moon, then take off from the moon to rendez­
vous with the mother vehicle which will be used 
for earth return . Three configurations are also 
shown in this f'igure . The first again consists of 
a single propul.sion system capable of the 
14,000 ft/sec requirement for this mission. Any 
propulsion failure in phase 1, 2, or 4 with this 
configuration ¼'111 cause the vehicle to crash on 
the moon . In t.he second configuration, two par­
allel, indeperul.ent propulsion systems are utilized 
which operate t.hroughout the flight. The propel­
lant supply sye:tems can be interconnected at the 
pilot's discretion, as required . I.f either pro­
pulsion system fails, the mission can be completed 
or an abort can be made to the moon or to lunar 
orbit in all fJ.ight phases . The third configu­
ration is similar to the second, in that two 
independent prc,pulsion systems are used . In addi­
tion, a second stage is provided having a capa­
bility of approximately 3,000 ft/sec, for a total 
capability of 17,000 ft/ sec. Both A and B pro­
pulsion systems can fail, and system C will still 
permit an abort to either the moon or to lunar 
orbit. If deslred, the lander can be designed for 
a 14,000 ft/ sec total capability and lunar surface 
refueling used to provide the required redundancy . 

Considering the various possible configu­
rations and operational techniques presented in 
figures 4 and ~i, selection of the best balance 
between complexity, reliability, safety, and 
efficiency is dependent, of course, upon the hard­
ware involved. It would seem that the first 
configuration :ln each figure could not be consid­
ered because oj~ safety requirements. A choice 
between the sec:ond and third configurations would 

probably depend upon the relative reliability of 
the propulsion systems . It would appear that 
serious consideration might be given to the third 
con.figuration in the direct lunar landing and to 
the second configuration for the lunar rendezvous . 

Effects on Design 

In all of the foregoing, a tacit assumption 
has been made that abort to the lunar orbit or the 
moon is preferable to the emergency being experi­
enced at the given time . However, the effect of 
such an abort requirement on the design of the 
actual lunar vehicle must be considered . Some 
effects have been indicated, such as the additional 
staging or parallel staging . Again, the possi­
bility of aborting to the moon with a stage that is 
not the primary lunar-landing stage introduces the 
necessity of having two lunar-landing gears on 
successive stages, or a -single landing i;rear capable 
of two landings mounted on the lunar take-off 
stage. Although it might also be possible to build 
sufficient shock-attenuation capability into the 
capsule itself to withstand lunar-landing impact, 
this capability does not appear to be a solution 
because of the danger of fire and explos,ion . 
Safety considerations would appear to re•quire that 
the lunar take-off engines not only be extremely 
reliable but also lbe throttleable or otherwise 
capable of perfo:nning emergency lunar landings . 
The capability of emergency landing, of course, 
would be inherent in the parallel propul.sion con­
figurations mentioned previously. 

Survival and Rescue 

In speaking of survival, it is ass~1med that 
the crew have escaped the immediate emergency and 
have been able to attain a place of rela,tive 
safety . In this paper, this safety area, is con­
sidered to be lunar orbit or the surface, of the 
moon. F.ach of these survival llocations offers a 
number of survival supply and rescue po$Sibilities, 
as shown in figure 6 . Each survival are,a has 
different requirements in regard to lauuch rates, 
vehicle development problems, and operational 
feasibility. Some of the particular prC>blems and 
operational considerations are discussedl in the 
following sections . 

Lunar Orbit 

The lunar orbit might be considered desirable 
as a location .for long-term survival because less 
expenditure of energy is required for rescue; that 
is, a vehicle in lunar orbit is in a much more 
shallow energy well than it would be on the lunar 
surface. Also, as indicated in figures 4 and 5, it 
is frequently the only survival area aVELilable . 

If it is assumed that a survival type of 
emergency has occurred, that is, the living module 
of the vehicle is essentially undamaged but cannot 
leave lunar orbit, the basic problem is that life 
must be sustained until a successful rei;cue attempt 
can be mounted . As indicated in figure 6, rescue 
may be by a vehicle already in orbit, which would 
present no supply problem, or by a vehicle from 
earth, which would require sufficient supplies on 
the lunar lander or a lunar orbital supply ship . 
It is, of course, 1preferable that sufficient 
supplies be contained in the lunar land1~r, if 
possible, thereby avoiding the necessity of pro­
viding a second vehicle; however, the amount of 
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supplies required depends upon the time for rescue 
and may be excessive for the lunar lander . 

Consideration of the supplies required indi­
cates as discussed in reference 1, that the pro­
visio~ of atmosphere is most critical for survival, 
because the crew can survive from 30 to 40 days on 
the supplies of food and water carried on a 14-day 
lunar mission but can survive only a few minutes 
without breathing . Thus; from a survival stand­
point, any excess J)ayload caJ)ability should be useq 
for atmospheric supplies: oxygen and CO2 ~bsorb-

ent . A minimum of about UO pounds of oxygen and 
lithium hydroxide (plus container weight) per man 
would be required to match the total survival 
period possible with the food and water carried on 
a 14-day lunar- landing mission. This weight does 
not appear to be too great a p~nalty to pay for 
the increase in survival potential . 

Another hazard, however, precludes reliance 
solely upon supplies stored in the lunar lander . 
This is the high probability of encountering a 
major solar flare . Normally, insufficient shield­
ing would be carried on the lunar mission for 
solar-flare protection, reliance being placed, 
instead, on prediction and statistics . Th~s~ 
lunar- orbit survival will require the provision of 
additional shielding by a supply ship or rescue in 
a very short time . The improbability of being able 
to launch a rescue ship in a short time makes the 
provision of a supply ship in lunar orbit quite 
attractive . Such a supply ship would be capable 
of carrying sufficient shielding and supplies to 
permit survival in lunar orbit for a period of 
several months until a rescue ship from earth 
could arrive . This orbiting supply ship is 
discussed :further in the next section . 

Rescue can be perfonned by providing a 
manned or unmanned rescue ship in lunar orbit 
(fig . 6); however, it appears that the manned 
ship is undesirable because its duration on sta­
tion is limited . An unmanned ship, it is be­
lieved, would be much less reliable than the 
simpler supply ship discussed above . There ­
fore, it is felt that the provision of a supply 
ship in a permanent lunar orbit is to be pre­
ferred to the orbiting rescue ship. 

The third rescue possibility, that of using a 
lunar-launched rescue vehicle, will not be prac­
t i cal until a permanent base with sufficient 
facilities exists on the moon . At that time, it 
may be the preferred base for rescue operations 
because a velocity of only 10,000 ft/sec will be 
required to perform the rescue and proceed to 
earth, or 14,000 ft/sec to rescue and retur~ to 
the moon. An earth-based rescue would require 
about 41,000 ft/sec velocity. 

I t might be noted that all of these pro­
cedures for rescue in lunar orbit involve the 
assumption that the problems of orbital rendezvous 
have been solved and that rendezvous is essen­
tially a normal operational technique. It is 
believed that this capability will probably have 
been achieved during the time period under con­
sideration. 

One final point might be mentioned with 
regard to rescue in lunar orbit by an orbiting 
rescue vehicle . This is the normal procedure of 
operation if the lunar landing has been made by 
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means of a special vehicle, as discussed pre­
viously (fig . 5); thus, a special rescue vehicle is 
not required, since the mother vehicle fulfills 
this role. 

Lunar Survival 

Problems resulting from an accident or emer­
gency late in the lunar landing, during the lunar 
residence, or immediately after lunar take-off 
(phases 2, 3, and 4 of fig. 1) could eliminate the 
possibility of attaining a lunar- orbit condition, 
Therefore, survival on the moon itself must be 
considered. 

The high level of energy expenditure required 
for a lunar landing creates complex supply and 
rescue operati on problems; therefore, it might be 
well to regard survival on the moon operationally 
in the same light as survival during polar expedi­
tions . In the past, it was not considered cata­
strophic or even unexpected if the return of an 
arctic or antarctic expedition was delayed 6 montha 
to a year by their ships being frozen into the ice. 
Similarly, it would seem that if adequate prepa­
ration were made, a lunar accident which prevented 
immediate return of the crew should not be con­
sidered a catastrophe or cause extreme concern . 
Six months' survival potential would probably be 
adequate if the planned second lunar-landing 
mission had rescue capabilities. This second 
mission would probably be scheduled for launch 
2 months after the first . Thus, allowing for fail­
ure of this mission, 2 months to launch a third, 
and a 50- percent safety margin, a 6-month survival 
time should probably be provided. 

Two general survival areas must then be con­
sidered as shown in figure 6, the intended 

' 'd landing site, and a remote site. First, consi er 
survival following accident or emergency at the 
intended landing site. Accidents and emergencies 
are most likely to occur in this area, since it is 
here that landing impact is made and the long­
duration lunar residence occurs. As indicated in 
figure·6 there are four possibilities for supply 
at the 1:uiar-landing site. In this instance, it 
would appear to be advantageous to place the 
supply vehicle at the landing site before the 
lunar landing was attempted. This can be done 
during vehicle development just prior to the 
landing attempt . Although, as vill be discussed 
later, supply by a ship in lunar orbit is also 
attractive, it offers somewhat less assurance of 
success . The supply ship could fail to operate 
properly when called down, then reliance would 
have to be placed on supply from earth . 

The first requirement for long-tenn survival 
on the moon is adequate shelter for protection 
from radiation, micrometeorites, temperature 
extremes, and vacuum. Since the stay on the moon 
is to be possibly as long as 6 months, there is a 
virtual certainty of encountering multiple solar 
flares of sufficient intensity to be hazardous . 
Similarly, micrometeorites of appreciable size 
can be expected. Although no detail design has 
been made, a possible fonn of shelter to provide 
adequate protection against these hazards is shown 
in figure 7. This shelter would be buried under 
8 to 10 feet of lunar rock for protection from 
radiation and extremes of temperature. At this 
depth the rock is estimated to have a constant 
tempe~ature of - 40° F. With proper insulation, 
the internal heat generated by the occupants and 



equipment will maintain a comfortable temperature . 
Burial of a lunar shelter of this type would be 
performed by blasti ng out a hole, instal ling the 
shelter, then mounding the lunar debris over the 
shelter . It is possible that good fortune would 
provide a crevice or cave in the vicinity of the 
landing and thus greatly reduce the effort re­
quired . In figure 7 the astronauts have been 
fortunate to find sufficient loose soil to bury the 
shelter without an excavation. The shelter illus­
trated has two air l ocks ; one is normally used for 
a sanitary facility, but provides also an emergency 
air- lock capabil ity. The general dimensions are : 
length, 22 feet; width, 9 feet; height, 7 feet; 
and volume, 1,070 cubic feet . It might be of 
interest to compare these dimensions with those of 
the hut in which Admiral By;rd spent 6 months alone 
in the antarctic . Thi s hut2 was 9 by 13 by 8 feet 
high, was designed for three men, and was similarly 
buried for protection from the environment . 

The supplies and systems required for the 
proposed shelter are listed in the following table: 

Supplies for Lunar- landing "Survival Kit" 
(Six-month duration, three-man crew , 

pressure - 7 .5 psia) Weight, 
lb 

Breathing atmosphere : 
Oxygen (2 lb/man/day, 10 shelter cycles, 

500 air-lock cycles, 10 percent leak­
age, 400 lb for space suits) . ••.. 
~ storage . • •• . •..... 

Nitrogen (10 shelter cycles, 500 air-lock 
cycles, 10 percent leakage) 

N2 storage • 

CO2 absorption (LiOH) 
Atmosphere decontamination (catalyst 

burner, charcoal, fuel) . • 
Food (2 lb/man/day) ..... 
Water . ...••... . •. 
Water reclamation (condenser, 2 stills, 

filters, etc . ) ...•• 
Sanitary facilities (fixtures, storage, 

etc.) . . . . • . . . . • . . . . 
Electric power 1 kw (2 fuel cells, 

1 photo vol taic system, battery) 
Hydrogen 
Hydrogen storage and system 
Oxygen 
Oxygen storage . 

Shelter . .... 
Miscellaneous supplies (suits, communi­

cations, tools, recreational equip­
ment, etc . ) ..... •• •.• 

Total 

900 
68o 

2,040 

430 
1,100 

300 

320 

200 

500 
216 
200 

1,944 
1,200 
1,560 

3,000 

18,900 

No attempt has been made to optimize this "sur­
vival kit;" therefore, considerable weight reduc­
tion would probably be possible, particularly in 
the electrical power system. A heat-engine system 
operating on the temperature difference between 
the lunar surface and subsurface might replace the 
fuel cell required for night- time power wi th a 
considerable saving in weight . Similarl y, the 
life- support system assumes no regeneration of 
oxygen, but futur~ developnents will probably make 
this feasible . Only a small water reserve is 
supplied because regeneration of waste water and 
the additional water resulting from the fuel cell 
will insure an adequate supply. The total payload 
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weight of the shel ter and all supplies would thus be 
about 20, 000 pounds . Most of these suppl ies would 
not be stored within t he shelter, but, instead, 
would be stored above ground in a shelter provi ded 
by the nose cone of t he supply ship . 

The survival shelter would be shipped to the 
moon in two parts for ease of assembling and 
handling . As mentioned previ ously, it would prob ­
ably be best to land the supply vehicl e on the moon 
prior to the manned landi ng so that the suppl ies 
would be available for use at that time . If the 
supplies were not required by the lunar-landing 
party, they would be available for the next landing 
crew in the same manner in which supplies have been 
left by antarctic expedi tions for use by later 
expeditions . 

Survival in a landing away from the primary 
landing site, that is, immediately after take- off 
i n phase 4, poses special problems . The distance 
may be too great to permit the crew to return to 
the landing site and use the stored supplies at 
that point . Although this is, perhaps, the most 
difficult of al l lunar survival problems, the 
probability of an emergency in this area requiring 
survival provisions i s fairly remote . Most mal­
functions requiring abort can be expected to occur 
in the first few seconds of powered operation when 
the ship is still very close to the base . For 
example, if the emergency occurs at less than 
1,000 ft/sec, the landing will be made withi n about 
20 miles of the base, probably within walking dis­
tance . An emergency occurring at a later point 
requires that a survival kit be provided at the 
emergency landing site within the time during which 
survival is possibl e with the stored atmosphere on 
board the lunar- landing vessel . Survival, in this 
case, is critically dependent upon having a supply 
vessel ready for launch on earth, or in orbi t about 
the moon to be called down to the proper landing 
site . It would probably be preferable to have a 
survival supply ship in lunar orbit for call down 
to the emergency l anding site . This vehicle would 
contain essentially the same "survival kit" de­
scribed previously and would thus serve as a back­
up for the normal landing site . The vehicle would 
probably be most accurately and favorably posi­
tioned if it were landed by radio control from the 
lunar lander . Thus, it could be landed at a 
location near suitable shelter locations and still 
sufficiently remote from the l unar lander to avoid 
damage from flying rocks and other debris dis­
lodged by the supply ship landing rockets . 

Proper design of this survival vehicle would 
enable its use as the supply ship for aborts to 
lunar orbit . To perform this function, it would 
be necessary for the surVival vehicle to incor­
porate adequate . rendezvous capability and the 
addition of the large amount of shielding for 
solar- flare protection . As indicated in refer­
ences 3 and 4, water shielding weights on the 
order of 5,000 pounds to 10,000 pounds may 9e 
required for protection. This shielding could be 
pr ovided in an auxiliary compartment which could 
be jettisoned i f the "survival kit" is to be 
landed on the moon, thus not interfering with the 
lunar- landing performance . Having the kit already 
i n orbit rather than on the earth would greatly 
increase the chances of successful supply as well 
as reduce the time required for supply . 

The orbiting supply ship might be used for 
emergencies occurring at the normal landi ng site 



~nd remote sites, thus requiring only one survival 
vehicle rather than two. However, it would. appear 
to be much more effective to have the supplies on 
the moon at the intended landi ng site as di.scussed 
previously, particularly when the probability of a 
malfunction at this locat i on is considered . 

One final point that might be discusse,d i s the 
possibility of a form of lunar-surface rend.ezvous 
being utilized to improve the safety and 5\:lrvival 
potential of the mission . A ·rendezvous of this 
type could take the form of a duplicate mis:sion 
vehicle landed automatically at the intended land­
ing site prior to the mission . This is particu­
larly attractive if the lunar-orbit rendezv·ous 
technique is employed because of the extremely 
small vehicle required and the fact that the mother 
ship is already waiting in lunar orbit . Si.milar 
possibilities exist to provide propellants to avoid 
marginal fuel conditions at lunar take- off . The 
best combination of facilities, supplies, a.nd 
equipment in the survival kit will vary gre,atly, 
depending on the chosen lunar-mission flight pro­
cedure and will require extensive study and. evalu­
ation . 

Concluding Remarks 

This study of the lunar- landi ng mission indi­
cates that abort to lunar orbit and the lunar sur­
face is probable as a result of emergenciee, in 
various phases of the mission . These emere:encies 
may result in considerably longer orbital or lunar 
residence time than originally planned for the 
mission . Consequently, external supplies a.nd 
assistance will be required for survival and ulti­
mate rescue . 

It appears that the most practical supply 
vehicle combination for all the conditions dis-

cus sed would cons i st of : 

a . An unmanned supply ship at the 
pla nned primary landing site and 

b . An umnanned supply ship in orbit 
capable of orbital rendezvous for orbital 
supply and capable of lunar l anding for 
supply of unplanned remote l andings . 

I n each of these cases rescue would be performed 
by a rescue ship sent from earth . 

ProYisi ons of increased safety potential may 
place unusual requirements on vari ous spacecraft 
systems, parti cularly for the propulsion system 
and the landing gear where safety r equires some 
form . of redundancy . Additional important design 
r~qu1re~ents are the provi sion of rescue capa­
bility 1n the basi c lunar lander and extension of 
~utomatic lunar- l anding capabilities to large 
payloads . 
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PHASES OF LUNAR-LANDING MISSION 

FLIGHT PHASE ALTITUDE,FT CHARACTERISTIC VELOCITY 
INCREMENT.. FT /SEC 

I. LUNAR DE-ORSI T AND APPROACH 50,000 TO 1,000 6,400 

2. LUNAR LANDING 1,000 TO 0 400 

3 LUNAR RESIDENCE 0 0 

4. LUNAR TAKEOFF TO LUNAR 0 TO 50,000 6,500 
ORBIT 

• 1NCLUDES 10° ORBITAL-PLANE CHANGE AND I MINUTE OF HOVERING 

FIGURE I 

199 

DURATION, 
MINUTES 

7 TO 20 

I TO 10,000 

5 TO 6 



SYSTEM FAILURIES AND SAFETY PROVISIONS 

SYSTEM Stl~FETY PROVISIONS REQUIRED ACTION 

GUIDANCE REDUNDANCY, REPAIR 
ENVIRONMENT CONTROL REDUNDANCY, REPAIR NO IMMEDIATE ABORT 
COMMUNICATIONS REDUNDANCY, REPAIR 

CONTROL SYSTEM REDUNDANCY, REPAIR 
MAY REQUIRE IMMEDIATE 

AUXILIARY POWER REDUNDANCY, REPAIR 
ABORT 

STRUCTURE REPAIR 

PROPULSION PAHTIAL REDUNDANCY, IMMEDIATE ABORT 
REPAIR 

FIGURE 2 

CHARACTERISTIC VELOCITY REQUIREMENTS FOR ABORT 

VELOCITY, FT /SEC 

FLIGHT PHASE ABORT TO -

EA~ffH I LUNAR ORBIT I MOON 

DE-ORBIT 3,500 TO 10,500 0 TO 7,000 6,500 TO 100 

LANDING I0,5i00 7,000 100 

RESIDENCE 10,500 7,000 0 

TAKE-OFF 10,500 TO 4,000 6,500 TO 0 0 TO 6,500 

FIGURE 3 
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PROPULSION CONFIGURATION EFFECTS ON SAFETY 
FOR DIRECT EARTH RETURN TECHNIQUE 

CONFIGURATION PHASE I PHASE 2 

B 

A 

C 

B 

A 

REENTRY 
VEHICLE 

LUNAR 
LAND 

AND EARTH 
RETURN 
STAGE 

REENTRY 
VEHICLE 

EARTH 
RETURN 

FAILURE-CRASH 

A FAIL~ABORT TO EARTH, 
ORBIT, OR MOON 

LUNAR B FAILS-V > Ve-REMAIN IN 
LAND STAGE ORBIT 

V<Vc-CRASH 

REENTRY A FAILS -ABORT TO EARTH, 
VEHICLE 

EARTH A AND B 
RETURN FAIL -V>3500 FT /SEC 

ABORT TO ORBIT 
LUNAR 

V<3500 FT/SEC TOUCHDOWN 
ABORT TO MOON 

LUNAR 
LAND STAGE 

SAME AS PHASE I 

SAME AS PHASE I 

SAME AS PHASE I 

FIGURE 4 

PHASE 4 

FAIL AT V<Vc- CRASH 
FAIL AT V>Vc-REMAIN 

IN ORBIT 

(
V= VELOCITY ) 
Vc=LUNAR ORBITAL VELOCITY 

B FAILS-V<Vc-CRASH 

V>Vc REMAIN 
IN ORBIT 

B FAILS-V<3500 FT /SEC 
ABORT TO MOON 

V>3500 FT/SEC 
ABORT TO LUNAR 
ORBIT 

C FAILS-REMAIN IN ORBIT 



N 
0 
N 

CONFIGURATION 

A B 

C 

A B 

CAPSULE 

LANDING ANO 
TAKEOFF 
STAGES 

CAPSULE 

LANDING ANO 
TAKEOFF 
STAGES 

CAPSULE 

ORBIT STAGE 

LANDING AND 
TAKEOFF 
STAGES 

PROPULSION CONFIGURATION EFFECTS ON SAFETY 
USING LUNAR RENDEZVOUS TECHNIQUE 

PHASE I 

FAILURE- CRASH 

AOR B FAILS-COMPLETE 
MISSION OR 
ABORT TO 
ORBIT OR 
ABORT TO 
MOON 

A ANO B FAIL - CRASH 

A OR B FAILS- COMPLETE 
MISSION OR 

ABORT TO 
ORBIT OR 
ABORT TO 
MOON 

A AND B FAIL - ABORT TO 
MOON OR 

ABORT TO 
ORBIT 

PHASE 2 

SAME AS PHASE I 

SAME AS PHASE I 

A ORB FAILS-SAME AS 
PHASE I 

A ANO 8 FAIL - ABORT TO 
MOON 

FIGURE 5 

PHASE 4 

FAILURE-CRASH 

A OR B FAILS-COMPLETE 
MISSION 

A AND B FAIL -CRASH 

A OR B FAILS- COMPLETE 
MISSION 

A AND 8 FAIL -ABORT TO 
MOON 



SURVIVAL AND RESCUE POSSIBILITIES 

SURVIVAL LOCATION 

LUNAR ORBIT 

MOON 
(LANDING SITE) 

MOON 
(REMOTE SITE) 

SOURCE OF SURVIVAL 
SUPPLIES 

LUNAR ORBIT 
LANDER (STORED) 
EARTH 

LUNAR ORBIT 
LANDER (STORED) 
EARTH 
LANDING SITE 

LUNAR ORBIT 
LANDER (STORED) 
EARTH 

FIGURE 6 

SOURCE OF RESCUE 
VEHICLE 

LUNAR ORBIT 
EARTH 
MOON 

LUNAR ORBIT 
EARTH 
MOON 

LUNAR ORBIT 
EARTH 
MOON 

LUNAR SHELTER AND SUPPLY SHIP 

FIGURE 7 
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EFFECTS OF HIGH G CONDITIONS ON. PILOT PERFORMANCE 

Randall M. Chambers , Ph.D. and Lloyd Hitchcock, Jr. , P h . D. 
Aviation Medical Acceleration Laboratory, U. S . Naval Air Development Center, Johnsville , Pa. 

The general development trend in space ve­
hicle design suggests the desirability of maxi­
mally using the occupant to both control capsule 
attitude and to monitor vehicle systems during the 
boost (and reentry) acceleration phases, as well 
as during orbital flight. Consequently, much 
more information is needed concerning man's 
ability to perform certain control functions under 
conditions in which he is exposed to accelerations 
which approach not only his physiological toler­
ance limits, but also his performance tolerance 
limits. In addition to the need for more data con­
cerning the acceleration stress that man can en­
dure and still retain the ability to perform control 
functions, there is a need to know speciiically the 
nature of performance errors which can arise , 
not only as the direct result of acceleration, but 
also as secondary effects of acceleration inter­
acting with other conditions such as the type of 
control task, the type of control device, the damp­
ing and stability parameters, and the pilot's physi­
ological enduranceB. Current concern over the 
performance capabilities of the human pilot im­
mersed in certain acceleration environments is 
well founded since there are very few experimen­
tal reports describing the effects of these con­
ditions on performance. The present paper at­
tempts to summarize some of the results of recent 
studies conducted at the A viation Medical Accel­
eration Laboratory (AMAL) in which specific pilot 
performance capabilities were studied wider sev­
eral c onditions of acceleration stress. 

General Experimental Method 

The primary apparatus was the human centri­
fuge, located at AMAL, Johnsville, Pennsylvania 
(Figure 1). By applying suitable signal inputs to 
the servo systems c ontrolling the radial velocity 
of the centrifuge arm and the motion and position 
of the two gimbals , the centrifuge provides the 
capability for exposing a pilot positioned in the 
gondola to acceleration fields which may vary 
along the dimensions o! direction (vector), ampli­
tude, _duration, rate of onset, and complexity . 
Equations of motion and related vehicle charac­
teristics, stored in a computer system, also may 
be programmed to present acceleration and con­
trol display conditions to the pilot as he " flies " 
realistic flight problems using a display panel 
such as that shown in Figure 2 . The accelera­
tions and displays thus received are functions of 
the pilot's performance interacting with the aero­
dynamic equations and vehicle characteristics 
stored in the computer. A relatively large v arie ­
ty of studies have been conducted utilizing this 
facility and general approach. Some of the 
studies have been concerned with basic human 
abilities within certain specified acceleration 
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environments . These types of studies are to be 
contrasted with the vehicle simulation studies 
which were more oriented towards studying man's 
interactions with specified flight tasks and pre­
dicted vehicle conditions . 

Linear acceleration is simulated on the centr i­
fuge by using angular velocity. Three linear ac­
celeration components may be simulated and em­
phasis is placed upon these . So far as the pilot is 
concerned , it is convenient to consider the accel­
eration environment in terms of the three compo­
nents (Figure 3 ) . These components are Gx (ac­
celeration along the pilot' s d orsal- ventral axis) , 
Gy (acceleration along the pilot' s side- to- side 
axis) , and Gz (acceleration along the pilot' s longi­
tudinal body axis} . Since the relative orientation 
of the pilot with respect to the resultant accelera­
tion vector can be continuously controlled, any 
given vector may be positive , negative , or zero, 
depending upon the pilot's position with reference 
to the primary acceleration vectors . The accel­
eration nomenclature used in this report is th e 
physiological- heart- displacement system 5 , 16 

Regardless of whether the subj ect is in the seated 
position , the supine position, or the prone position, 
this nomenclature system refers to the physiologi­
Gal displacement of the heart within the chest whe n 
a particular acceleration force is applied. In the 
current report, we are concerned primarily with 
positive Gx (heart displaced to wards the spinal 
column) , minus Gx (heart displaced away from the 
spinal column), and plus Gz (heart displaced down­
ward). Sometim es these vectors are referred to 
as eye-balls-in, eye- balls - out, and eye- balls­
down, respectively. 

To date , a c onsist~nt terminology for repre­
senting accel eration and its various compon ents 
has not been adopted for univeral use by engineer ­
ing, biological, physiological, and psychological 
groups . There is much variation in nomenclature, 
even within the same laboratory. More detailed 
discussion of the problems of acceleration nom en­
clature may be found in Dixon and Patterson 18 , 
Gauer 22, Clark, et al 16 , and Chambers 5 . 

For this report, the G system of units pro ­
posed by Dixon and Patterson l8 is used through­
out, as the measure of acceleration force , al­
though it is recognized that there is much con­
fusion in the field regarding this terminology . In 
practice, therefore , G is considered as a unit of 
force and observed accelerations are expressed 
as so many "G' s" . For exampl e , terms such as 
11 6 G units" or " a force of 6 G " are frequently 
used to represent a force magnitude six times the 
weight of the body in question . It is important to 
note that the symbol & is used only for the 



acceleration du.e to gravit y , while ,9 is used in 
aviation medicine to represen t the unit of reactive 
force 23 . 

Physiological Tolerance and 
Performance Tolerance 

One of the 1most important concepts in accel­
eration resear,:h is that of physiological tolerance , 
or the ability of the human subject to physiologi­
cally withstand acceleration stress . Physi ological 
tolerance is a ,complex concept and encompasses 
a wide variety of both physiological functio n s and 
environmental factors. In reviewing the ability of 
man to perforn'.l a task within an acceleration en­
vironment and to maintain control over his per ­
ceptual, intellectual, and emotional faculties , it 
is essential that the general physiol ogical stamina 
of man be considered as defining the upper limit 
of acceleration force within which he may be re­
quired to perform a piloting task. The concept of 
physiological t ,olerance includes all of the c ommon 
physiol ogical responses which are functions of the 
intensity and d1L1ration of a stress stimulus . Theo­
retically , ther,efore , the point of response may be 
separated frorn the point of no - response by a 
simple stimulus strength- duration curve . Figure 
4 presents a summary of the authors ' survey of 
the scientific literature and presents the current 
accepted physiological tolerances defined as 
functions of duration and G load . It should be 
pointed out that the points on this curve do n ot 
necessarily re.fleet the maximum exposures which 
have been experienced by human subjects . 

There a r e some excellent reviews on physio­
logical probl el1n s wi t h in accelerat ion fields in t h e 
scientific literature and the reader is referred to 
these for a more detailed consideration of the 
problem of physiological tol erance of accel eration 
19, 28, 12, 14, 1, 23 , 27, 4 

As pointed out in the early part of this secti on, 
the upper limit s of acceleration loadings under 
which a given person may perform a piloting task 
are primaril y determined by the lim its of physio­
logical tolerance . However , in addition to t hese 
p hy siological tol erance limit s which define the 
maximal endpo,ints for safe exposure of a par ­
ticular physiological system to acceleration stress , 
there are also perform ance tolerance limits which 
define the upper l imits of rel iable functio ning o f a 
particular performance- ability system under 
comparable acceleration exposure . Although 
physiological a.nd performance tolerance limits 
are often functionally related, they need not be of 
the same magnitude since each is dependent upon 
its defining criteria . Performance tolerance 
limits are of n1ajor importance in the allocation 
of man-machin.e functions . 

Prior research has indicated that as G in­
creases , there may be an initial improvement in 
performance o.f the piloting task, followed by a 
gradual decline , until a performance tolerance 
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l imit is reached . Beyond this point, pe,rformance 
deteriorates extremely rapidly. The point of 
maximum efficiency is usually at a lower G than 
the upper performance tolerance limit; however , 
to date, this point has not been specified directly. 
Under conditions of moderate acceleration, ex­
perienced pilots may utilize motion and accelera­
tion cues in performing their tasks and these cues, 
along with reasonably high concentration and moli­
vation, may enable the pilot to do bette1r under 
moderately high acceleration than undeir static 
conditions . At high G, performance proficiency 
deteriorates markedly . This deterioration gener­
ally reflects impairment of vision and the ability 
to breathe , physically strain, or a reduLction of the 
pilot' s ability to resist the physiological effects of 
acceleration . Summaries of the effects, of accel-

2 
eration upon performance may be found in Brown 
and Chambers 4 , 5 . 

G tolerance may be expressed as a function of 
at least five primary acceleration varia.bles: (a) 
the direction of the primary of resultant G force 
with respect to the axes of the human bc)dy, (b) the 
rate of onset and the decline of G , (c) the magni­
tude of peak G, (d) the duration of peak G , and (e) 
the total duration of acceleration from time of 
onset to tern'.lination . There are also other auxil­
l ary conditions which iniluence a humai:, subject's 
tolerance. Among these are: (a) the types of end ­
points used in determining tolerance, (b) the types 
of G protection devices and body restraints, (c) 
the type of environment in which a subject is tested , 
such as temperalure, ambient pressure,, noise and 
lighting , {d ) age, (e) psychological factors such as 
fear and anxiety, competitive attitude, and willing­
ness to tolerate discon'.lfort and pain, (f) previous 
acceleration training and exposed accur,nulated 
effects , (g ) the type of acceleration device used 
for exposing the subject to acceleration , and (h) 
muscular tensin g and e!fort 23 . 

Effects of Acceleration on Vision 

During exposure to high positive, negative, 
and transverse acceleration, visual disturbances 
occur. During positive acceleration, these dis­
turbances result primarily from ischen1ia; how­
ever , mechanical distortion of the eye 1nay also 
o ccur in severe cases. Genetally, a pE:riod of 
grayout exists before blackout occurs. Grayout 
is characterized by general dimming an.d blurring. 
Total visual disturbance occurs approximately one 
G unit below the l evel at which blackout occurs, 
During exposure to high transverse acc,eleration, 
the effects on the visual system depend largely on 
whether the acceleration force is + Gx (,eye-balls­
in) or - Gx (eye - balls-out). When the acceleration 
is +G x, no major visual disturbances have been 
reported up to loads of+ 14 Gx for 5 seconds at 
peak G . At levels between plus 6 and plus 12 Gx • 
however , there may be some tearing, apparant 
loss of peripheral vision, and difficulty in keeping 
the eyes open. For - Gx (eye-balls-out accelera ­
tion), some pain may be experienced and small 



petechiae ma1r occur on the lower surface of the 
eyelids. Visi.on may be temporarily impaired, 
although to da.te , no internal damage has been re­
ported for ac,:elerations as high as +15 Gx. For 
-Gx acceleration, however , the kind of restraints 
provided for t:he anterior surface of the body is a 
major considt~ration. 

The problem of seeing under transverse ac­
celeration appears to be largely a mechanical 
problem, due partially to mechanical pressures 
on the eyes and the accumulation of tears. In 
addition to G .amplitude and the direction of the 
primary G vector , the duration of peak G is of 
major importance. Total time in which a human 
subject can endure exposure to acceleration stress 
and maintain ,good vision depends largely on the 
system of G protection. Using a system of G pro­
tection developed by Smedal, et al 25, it has been 
possible to achieve the following record runs by 
transverse and positive G on the AMAL centri­
fuge: 90 seconds at+? Gz, 12? seconds at +14 Gx, 
and 71 seconds at - 10 Gx. These record runs 
were conductE,d on the AMAL centrifuge using the 
advanced restraint system developed by the Ames 
Research Center. They do not necessarily es­
tablish limits of visual performance, however, 
since the relationship between amplitude of G and 
duration at peak G has not been established. For 
example, in an earlier experiment at AMAL, one 
subject, using a contour couch restraint system 
developed at AMAL, was able to performa visual 
task during an, extremely high G run which took 
him to +25 Gx for 5 seconds . 

Visual a}.~)ity decreases as the magnitude of 
G increases ' 29 . This occurs during exposure 
to both positive and transverse acceleration . As 
G increases, a given level of visual acuity may 
be maintained by increasing the size of the tar!et 
or the amount of luminance. White and Jorve 9, 
for example, found that at +7 Gx the target had to 
be twice as large as it was at one G in order to be 
seen. In another study, White 30 observed that a 
test light had 'lo be nearly three times as bright 
at 4 Gz as at I. Gz in order to be seen. Thus, a 
pilot's ability to read his instruments is influenced 
by acceleration. However , the magnitude of this 
effect is a partial function of the level of illumi­
nation. At high luminance, the impairment due 
to G is not as great as it is for the same G at 
lower levels of luminance. White 30 has shown 
that at modera.te tolerance limits, increasing the 
amplitude of positive acceleration increases the 
absolute foveal visual thresholds. In most situa­
tions in which a pilot is going to be exposed to 
acceleration, it is important to mow the amount 
of contrast required by the pilot in order to in­
sure visual dii,crimination . As acceleration in­
creases , an in.crease in contrast is required to 
detect a target. This has been shown in a recent 
study by the authors and Dr s. Braunstein and 
White at AMAL . In this study, it was demon­
strated that the minimally acceptable (threshold) 
contrast was greater for positive acceleration 

than for transverse acceleration. For example, a 
16 percent contrast between the target and its 
background was required at +5 Gz and a 12 percent 
contrast was required at +7 Gx. For static con­
ditions, an average luminance di!feren.tial between 
target and background of approximately 8. 5 per­

cent was required for discrimination. In this par­
ticular experiment, visual brightness discrimina­
tion was studied at four levels of background lumi­
nance, at four levels of positive acceleration, and 
at five leve ls of transverse acceleratie>n. For this 
study, a stimulus display generator (s,::e Figure 5) 
was mounted in the gondola . This gen,::rator pre­
sented a circular test patch against a diffuse back­
ground. The display was viewed monocularly 
through an aperture which was 17 1/2 i.nches from 
the eye. The visual angles subtended by the cir ­
cular test patch and its background were l degree 
and 28 minutes, and 8 degrees and 4 minutes , res­
pectively. The background was generated by eight 
25 watt light bulbs behind two sheets rf flashed 
opal by a 500 watt slide projector. A I rontal view 
of the display is shown in Figure 6 , Voltage to the 
projector bulb was controlled by a mot,or-driven 
variac which altered the ope rating voltage at the 
rate of volts per second. A neutral deiosity filter 
was placed behind the viewing aperture to produce 
the desired background luminance. A :response 
button, provided to the subject, was used to indi­
cate the appearance or disappearance c,f the test 
patch. Figure 7 shows the installation of this 
visual response button. After activaticin of the 
response button by the subject , the direction of 
rotation of the motor driving the variac which con­
trolled test patch luminance was automatically re­
versed with the time between subject response and 
motor reversal programmed to range from 1. 25 
to 3. 75 seconds in a random delay order. At the 
instant of the subject's response, the v,oltage 
across the projection bulb was stored and dis­
played upon a digital volt meter located at the ex­
perimenter's station. Approximately 15 responses 
were made during the peak G of each run. With 
this apparatus, it was possible to repea.tedly 
measure a subject' s ascending and descending 
visual discrimination thresholds. Using 6 healthy 
adult males with 20/20 vision, brightness dis­
crimination thresholds were determined at trans­
verse acceleration levels of+ I, 2, 3, 5, and 7 Gx 
and positive acceleration levels of + 1, Z, 3, and 
5 Gz. Determinations were made at each G level 
with background luminance of . 03, . 29 , 2. 9 and 
31. 2 foot-lamberts. Figure 8 shows th,e observed 
relationship between brightness discrirnination 
threshold and background luminance for each of 
the four levels of positive acceleration. Similarly, 
Figure 9 shows the obtained relationship between 
brightness discrimination threshold and back­
ground luminance for each of the 5 levels of trans­
v.:rse acceleration.Figure 10 shows the effects of 
positive acceleration(+ Gz) on brightness dis­
crimination thresholds for perceiving th.e circular 
target against each of the four backgrou;nd levels. 
These figures show that for each of four positive 

acceleration conditions, the m ean required contrast 
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increased as the background l uminance decreased . 
Also, for any given background luminan ce level , 
the higher ac:celeration levels required more 
brightness c1>ntrast. Similar results were shown 
for the transverse G exposures as may be seen in 
the figures although the differences due to back­
ground lumin,ance were more than those due to 
acceleration levels . As previously mentioned , 
positive acceleration stress consistently imposed 
higher contrast requirements than did transverse 
acceleration . These data clearly show that 
marked increases in the brightness contrast re ­
quired for discrimination as G increased in both 
the positive and transverse axes . 

lt is impc>rtant to indicate that the phy sio­
logical condil.ions under which the pilot performs 
a task such as this greatly influences the data 
which are obtained . For example, some of the 
subjects in the above study also §erved in an ex­
periment to determine whether or not positive 
pressure breathing of 100 percent oxygen facili ­
tates brightnc?ss discrimination at the upper G 
levels 9 . Th<i subjects performed under three 
breathing con,ditions; breathing normal air, 100 
percent oxygt>n, and 100 percent oxygen under 
positive pressure . Given a background luminance 
of . 03 foot-lamberts, the subjects were required 
to repetitivdy operate a switch (see Figure 7) to 
maintain the target (Figure 6) at the minimally 
d1scrirninablt> brightness contrast level. The re ­
sults obtain~cl under po.;;itive (Gz) acceleration 
exposures 01 90 seconds duration each under ac ­
celeration loa,ds of +l , +3 , +4, and +5 Gz are 
shown in Figure 11. These data suggest that at 
the +3, +4 , and +5 Gz levels, the positive pres­
sure plus 100 percent oxygen required less visual 
contrast than was required under the other ex­
perimental ccmditions. Similar results were 
found for the transverse G. The contrast required 
for discrimination appeared to be the same for 
both the 100 pec cent oxygen and 100 percent 
oxygen p l us p,ositive pressl1re breathing conditions . 
Oxygen would appear to play an important role , 
since subjects breathing normal air under positive 
pressure required increasing amounts of contrast 
for discrimination as G increased . 

The two investigations just described were 
presented primarily to illustrate the sort of in­
vestigations which are conducted using the AMAL 
human centrifuge in which basic sensory capaci­
ties are being studied . Similar investigations 
have been concerned with the effects of high ac­
celleration upon pilot ability in such areas as 
discrimination reaction time, complex psycho­
motor performance, and higher mental abilities . 

Discrimination Reaction Time Performance 

In addition to influencing the pilot's ability to 
perceive stimuli , acceleration modifies his 
ability to respond to them as well. Many maneu­
vers which pilots must perform frequently re ­
quire not only the discrimination of but the re ­
action to visual stimuli . In this section, we 

present the results of some recent wo,rk in which 
this latter aspect of performance was studied in 
some detail. 

Many investigators have studied d:iscrimination 
reaction time behavior on human pilots during ex­
posure to acceleration stress. Althoulgh it is 
generally agreed that some acceleration environ­
ments do influence discrimination reaction time 
behavior , thus far it has been impossible to desig­
nate all of the underlying mechanisms which 
mediate these effects. During acceleration, the 
changes observed in reaction time could be associ­
ated with pilot impairment in a variety of physical 
loci . Acceleratio11 might well reduce the capacity 
of the peripheral system to receive the stimulus, 
or of the central nervous system to process al­
ready received stimuli and to initiate discrimina­
tory choice , as well as reduce the ability of the 
neuromuscular system to coordinate the motor 
components which translate the respon.se into the 
manipulation of the appropriate control device. In 
addition, some studies have indicated that dis ­
crimination time under G is indirectly affected by 
the protective equipment and related c,:,mponents 
present in the situation in which the tests are con­
ducted. There were also several type,; of dis ­
crimination reaction times , depending on the 
stimuli , responses, and the types of te:sts. 

Frankenhauser 21 , using red , green, and white 
light signals, measured complex choice reaction 
time during exposure to + 3 Gz and found the sub­
ject took significantly longer to respond under ac­
celeration than under normal (+ 1 Gz) ,::onditions. 
This was true for exposures of both two minutes 
and five minutes duration . Her conclu.sion was 
that visual choice reaction time was inc:reased by 
positive acceleration. Similarly, Brown and 
Burke3 found highly significant effects of positive 
acceleration upon discrimination reaction time. 

In contrast, relatively litlle information is 
available concerning the effects of transverse 
acceleration on discrimination reaction time. At 
our laboratory, a discrimination reaction time 
test apparatus was developed which consisted of 
four small stimulus lights, a small response 
handle containing four small response buttons, and 
a programmer device which could pres,?nt a large 
variety of random sequences to subjects on the 
centrifuge 11 . Tests conducted on discrimination 
reaction time behavior of subjects statically and 
while submerged in water showed that subjects 
could respond steadily and reliably on t.his device . 
A typical example of data from this exp,eriment is 
shown in Figure 12 . However , mounting the device 
upon the centrifuge revealed that transverse ac­
celeration exposures significantly influenced per­
formance of the discrimination reaction time tasks. 
Figure 13 shows the installation of this apparatus 
in the centrifuge . As each of the lights came on, 
the subject was required to press the associated 
finger button with his right hand as fast as he 
could. Both the automatic program which activated 
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the stimulus lights and the subject's responses 
were fed to an a1:ialog computer where initial data 
reduction was accomplished . Following pre­
acceleration training to a stable baseline per ­
formance level, each subject received three bl ocks 
of twenty- five trials each while exposed to 6 Gx 
for five minutes . Each subject received three 
such acceleration trials. Since speed and ac ­
curacy are both involved in this type of response 
behavior , times and errors were normalized and 
added . The res,Lllts are shown in Figure 14. This 
figure shows that during the first block of twenty­
five trials, the average response scores were 
slower than the overall average . During the 
second series of trials , the response scores were 
even slower than for the first block of trials . For 
the third block c,f trials under G, however, per -
formance was significantly improved over that 
exhibited during the earlier trials. T_he results 
of this study sug;gest that acceleration initially 
impaired performance during the fir st and second 
series of acceleration trials but that by the third 
series of trials , the subjects had learned to 
maintain their physiology and performance under 
acceleration stress and , consequenUy, their dis­
crimination reaction time scores improve , sug­
gesting that learning how to perform during ex­
posure to accel,~ration stress is a primary 
factor in deterrr,ining pilot performance ability . 
It may well be tltiat the process of learning could 
account for some of the differences in findings 
which have been reported by earlier investigators 
who contrasted static and dynamic conditions with 
taking into acco•Llnt the possibility of rapid adapta­
tion to the experimental conditions . 

Another approach to reaction time investiga­
tion involves the use of an auditory rather than a 
visual stimulus in order to avoid the probl em of 
visual interference which is known to accompany 
acceleration. One such task 17 required the sub­
ject to add pain; of numbers which he heard via 
an auditory magnetic tape system and then to 
describe the sum by pressing the small odd and 
even response buttons which were mounted upon 
his left and right hand grips , respectively. Pri­
marily, work with this apparatus during positive 
Gz exposures tc, grayout levels indicated that the 
time required to make these responses increased 
during exposure to positive acceleration . 

Complex Psychomotor Performance 

The ability to perform a complex psycho­
motor test is impaired in most cases by ac­
celeration . A typical example of a rdatively 
simple case is shown in Figure 15 in which the 
skill with which six subjects performed the hori­
zontal and verti,cal components of a tracking task 
response at one minute intervals during each of 
two +8 Gx trial:s is plotted as a function of ac­
celeration. The acceleration profile is dotted at 
the bottom of the graph. During these test runs , 
the subjects operated a control device in re­
sponse to the c1:>ordinated pitch and roll tracking 
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maneuvers which were pre - programmed and pre­
sented to the subject by means of the oscilloscope . 
The apparatus and the contour couch on which the 
subject was accelerated is shown in Figu,~e 16. 
The graph shows steady performance lev(~ls for the 
horizontal and vertical components of the tracking 
tasks prior to exposure to acceleration. When 
peak G was reached , decrements in both compo­
nents were obtained but as acceleration receded to 
normal , both performance components ra.pidly re­
turned to the normal skill level. Figure 15 also 
shows the effects of acceleration following sub ­
mersion in water to the neck level for 12 hours 1 1 

These subjects showed approximately the same 
performance curves, even after an unusual and 

prolonged intervening experience , suggesting the 
relative stability of the control decrement asso­
ciated with acceleration stress . 

1n other recent work at our laboratory the 
authors , in cooperation with M r . Creer acnd Dr . 
Smedal of NASA , used the centrifuge to simulate 
sustained reentry tracking control pr able ms . It 
was demonstrated that well trained test pilots 
could successfully perform a moderately complex 
tracking task while being subjected to a relativel y 
high and varied acceleration for prolonged periods 
of time . A special restraint system 25 was used 
to minimize physiological discomfort during this 
particular study . Tracking efficiency was calcu­
lated in percentage units based on the acc:umulated 
tracking error divided by the accumulated excur ­
sion of the target in this study. Pitch and roll 
control inputs were made with a small two axes 
pencil controller and the yaw inputs were made 
with the toe pedal which was operated by Hexion 
and extension of the foot about the transverse axes 
of the ankle joints . The restraint equiptnent used 
in this study is shown in Figure 17 . In this par ­
ticular study the rate of onset for all the accelera­
tions was approximately . 1 G per second . Each 
tolerance run was preceded by a static run which 
was intended to serve as the basel ine for the pre­
diction of performance under a cceleratic,n. Track­
ing performance was impaired at the high G levels; 
however , ~he pilots were able to maintain pro­
ficiency above the minimum levels considered 
necessary to continue the run , as deterrr.Lined from 
a percentage scale of -1 00 to + 100 percent derived 
from the division of actual control output by re­
quired output. Smedal , et a l 26 have published 
some of the results from this experi1nent and have 
related these performance boundaries to the ac ­
celerations anticipated during reentry fr1:>m both 
circular and parabolic {lunar return) orbits . They 
concluded that a man properly restrained can with­
stand the acceleration stress imposed by reentry 
from minimal circular orbits. The subj,ective 
findings obtained during this study emphasized the 
visual, cardiovascular , and respiratory effects 
accompanying acceleration. One major .advantage 
of - Gx acceleration over +G x was indicated by this 
study, namely that during - Gx acceleration, the 
forces of acceleration assist in breathing by in­
creasing the interior and posterior diameter of 



the chest, the normal functions of inspir·ation, 
whereas during +Gx these same forces impede 
inspiration through chest compression. 

In a more recent study with NASA/Ames , 
conducted at the AMAL centrifuge, Cha:r:nbers and 
Smedal tested pilots able to reach phenomenal 
transverse acceleration endurance records and 
still maintain a relatively high level of perform­
ance proficiency on a complex tracking task. The 
most striking centrifuge runs for +Gx st,eady state 
acceleration was +14 Gx for 127 seconds . The 
outstanding run for -Gx steady state was -10 Gx 
for 71 seconds. This was accomplished by using 
the special restraint system shown in Figure 18. 

In anolher AMAL study, test pilots who had 
performed a complex tracking test at tra.nsverse 
acceleration levels of 1, 3 , 5 , 7, 9 , 12 and 15 Gx 
were asked to estimate the amount of pe1:formance 

decrement which occurred under each accelera­
tion load. In making their estimations , the pilots 
used their performance at 1 Gas the base refer ­
ant and attempted to contra st their performance 
at other levels against their own l G pedormance. 
The average estimates for performance decre­
ment are shown in Figure 19. At the 12 and 15 
Gx levels , the outstanding problems which the 
pilots reported they encountered were impair­
ments of vision, difficulty in breathing, as well 
as difficul ty in operating the control device used . 

To study the effects of acceleration on the 
ability of pilots to perform control tasks during 
simulated boost accelerations , Chambers and 
H olloman exposed pilots to staging acceleration 
profiles characteristic of both a two- stage launch 
vehic l e and a four-stage launch vehicle. The 
analog computer facility used generated and con­
verted into vehicle dynamics the pilot' s display 
and control problem as well as the comm,ands for 
driving the centri( uge. In this particular series 
of runs , the longitudinal mode (pitch) required 
almost continuous control whereas the yaw con­
trol required only monitoring and correcting for 
disturbances . Figure 20 summarizes so:me of 
the findings and provides an example of pilot per ­
formance in which some features of the piloting 
task were greatl y affected by acceleratioiri wh ile 
others were not. In this particular study , the 
pilots indicated that they were unable to concen­
trate on more than one or two things at the same 
time at high G . Thus, they found it nece:ssary to 
neglect some parts of the four dimensional tasks 
shown here while under acceleration. Subjective 
ratings made by the pilots showed that under low 
accelerations, only normal physical effort was 
required to Jerform the launch control tai,k. 
However, at the highest acceleration tested , 
100 percent effort was required. The 100 per ­
cent effort rating was applied to a series of 
special runs which sampled abilities to p•~rform 
under acceleration loads extending up to as high 
as 15 G. Such limit testing only augmented the 
primary portion of this investigation which 
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involved a computer controlled simulation of a 
hypothetical four-stage launch vehicle. Figure 21 
shows a typical launch curve for this simulated 
condition. The pilot ' s task was to fly the vehicle 
through the orbital injection "window". At the 
acceleration level studied (all below 7 Gx), there 
appeared to be little effect of the acceleration on 
the control task as determined by the pilot's 
ability to manage the primary control quantities. 
These results are shown in Figure 22. 

Effects of Varying the Type of Control Device Used 

In addition to both the direct effects of accel­
eration upon human performanc e and the less ob­
vious interactions between performance and ac­
celeration already mentioned, there is a growing 
body of information pertaining to the somewhat 
secondary role that other flight conditions play in 
determining a pilot's performance during exposure 
to acceleration 7 , 8. An important example of this 
is the contribution made by the type of control de­
vice that the subject is using. Control devices 
have many characteristics which may influence 
performance under acceleration conditions. Some 
of the variables found to be important are: (a) the 
relationship between the axes of controller motion 
and the acceleration vectors imposed upon the 
pilot ' s hand , (b) the number of axes of motion, 
(c ) the stick force gradient along each mode of 
control , (d) the centering characteristics along 
each mode of control, (e) the basic location of the 
control device , (f) controller breakout forces, 
(g ) con trol device friction, (h) damping charac­
teristics , (i) the magnitude of control throw, (j) 
control response time, (k) control harmony, (1) 
cross coupling, (m) the amount of kinetic feed­
back provided by the controller, (n) controller 
shape and size , and (0) the dynamic and static 
balancing of t h e control device. The combination 
and interactions of these characteristics requires 
a very complex and extended discussion. There­
fore, the present report will cover only those 
aspects found to contribute most to controllability. 

In the course of early simulations of proposed 
space vehicles , several types of right hand side 
controllers have been tested. Figure 23 presents 
a diagram of four of these controllers: a three 
axis balanced controller with all three axes inter­
secting; a three axis controller (unbalanced) 
having none of these three axes intersecting; a 
three axis balanced controller; a finger tip con­
troller having two intersecting axes with yaw 
operating via toe pedals; and a two axis controller 
with axes that do not intersect, coupled with toe 
pedals for yaw control. In Figure 24, the effects 
of two specific acceleration fields upon pilot per­
formance during the pitch and roll maneuvers in­
volved in a tracking task are shown for each of the 
four types of controllers. While the pilots per­
formed in one acceleration field, their error per­
formance on all four controllers was essentially 
the same. However, when these same pilots Hew 



lhe same problem under a different acceleration 
vector , performance on Type II controllur greatly 
increased while performance on the other two con­
trollers remained essentially unchanged . A simu­
lar change in G field resulted in an increment in 
error for Types 11 and 111 controllers and reduction 
in error for Type IV, resulting in a shift in rank 
order of the controllers . The differential effects 
upon performance induced by different ty-pes of 
acceleration controllers are shown in Figure 25. 
Here , the mean tracking efficiency scort?s for 
test pilots who perform the same tracking tasks 
using each of the four different types of side arm 
controllers within given acceleration fields and 
under varying amounts of cross coupling and 
damping are shown . This figure shows not only 
the effect of using different specific G fo~lds on 
particular tracking tasks but also illustrates the 
effects of damping and cross coupling when the 
effects of acceleration are held constant. 

In studying the effects of acceleration, one 
must also consider the complexity of the task to 
be performed by the pilot since task coinplexity 
is magnified under G 2 Basic research. upon the 
effects of high G upon complex task performance 
is frequently complicated by the need to control 
the numerous variables associated with task diffi­
culty. Aerodynamic stability , damping frequency, 
time constant, and other vehicle re spon,se charac­
teristics strongly interact with acceleration to 
determine pilot performance at high G . If the 
simulated vehicle is highly stable and well damped 
within the desired frequency ranges, thE: pilot may 
find performance under high G relatively easy. 
However , the same general piloting task may be 
impossible at lower G levels with a simulated 
vehicle having less desirable aerodynaxnic charac­
teristics. 

Effects of Acceleration on Higher Mental Ab11it ies 

To date, there is a severe lack of ruliable and 
valid tests of higher mental activities which can 
be administered within the basically restrictive 
and time-limited conditions encountered. in centri­
fuge operation and still retain the measurement 
sensitivity required. A way to monitor the intel­
lectual functioning of the subject while bee is being 
exposed to acceleration conditions is sorely 
needed . Several reviews of this problein have 
been presented 5 , 6 , 7 , 24. It is a generally ac­
cepted fact that exposure to high or prolonged 
acceleration may produce confusion, unconscious­
ness, disorientation, memory lapse, loss of con­
trol of voluntary movements, or prolonged vertigo. 
However , the tolerance limits of basic i.ntellectual 
functions are unknown, and there is very little 
quantitative information which would indicate 
which of the specific higher mental skills may 
suffer impairment. 

An astronaut or scientific observer during 
some phases of flight may be required to perform 
tasks such as monitoring, reporting , flight guid­
ance, and other tasks which require inunediate 
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memory and the processing of information. To 
date, there is no conclusive information available 
regarding the effects of acceleration upon the basic 
intellectual abilities required for such functions , 
i.e. , immediate memory and the ability to process 
information . 

Using the human centrifuge at AMAL, Ross 
and Chambers conducted a study on the effects of 
both positive and transverse acceleration upon the 
ability to perform a task which placed demands 
upon these psychological abilities . A continuous 
memory testing apparatus was developed which 
could be used under both static and acceleration 
conditions. This test required the continuous and 
repetitive memorization of a portion of a sequency 
of random symbols. As each symbol occurred , the 
subject was required to compare it with his mem­
ory of the symbol which had been presented to 
him two , three, or four presentations previously. 
New symbols appeared continuously so that the 
subject continuously had to for get earlier symbols 
as he added the new ones . Basically, this task 
involved both the immediate memory and the facil ­
ity for handling an "information load" of symbols 
under conditions in which opportunity for symbol 
interference was at a high level. The "running 
matching memory" task used was simple to grasp 
and administer but difficult to perform without 
error. The subject was presented with a plus or 
a minus sign by mans of a digital display tube 
mounted in front of him and was required to judge 
whether the sign he saw was the "same" as "or 
different from" the sign he had seen either z, 3 , or 
4 presentations previously. These three memory 
spans were interspersed throughout a test series 
and were known as the 2-back, 3-back, and4- back 
condition, respectively. Simultaneous with the 
presentation of the plus or minus sign, the subject 
saw the numeral 2, 3 , or 4 in another tube , indi­
cating whether a 2-back, 3-back, or 4 - back match 
was to be performed . The subject made the re­
quired matches for each sign as it appeared . Each 
sign was presented for four seconds with a one­
second interval between presentation. A series of 
fifty signs was presented within any given run. 
The G-level selected !or investigation was 5 trans­
verse G for 5 minutes. 

Data analysis indicated no significant differ ­
ences in percentage of correct memory matches 
between static and G conditions. Twenty-four 
subjects completed the required series of four 5 G 
runs of five minutes each , however, there was an 
increase in the latency betweenpresentation a n d 
time of response . Also, the subjective comments 
concerning performance on this task did not cor­
relate well with the actual quantitative measures 
(Figure 26) . The number correct for each series 
was converted into a percentage since the number 
of matching responses made were not quite the 
same for each condition - 48 matches for a 2-
back condition, 47 matches for a 3 - back condition 
and 46 matches for a 4-bac k condition. Subjects 
reported that their performance deteriorated under 
G and they regarded this exposure as an extremely 

stressful experience. 



Related research has suggested that the pre­
viously discussed measures of discrimination re­
action time reflect intellectual performance, and 
that one may use such measures as a general indi­
cator of higher mental functioning . The results of 
some studies at AMAL suggested not only that dis­
crimination time was impaired under G, but also 
for some time after the termination of G . Figure 
27 summarizes the results of one such study. In 
this figure, the abscissa is quantified in standard­
error - of-mean units . Using a one tailed t-test, 
it was shown that performance was significantly 
impaired not only under +6 Gx acceleration but 
that this decrement persisted after the centrifuge 
run was completed and the pilot returned to the 
normal {+l Gx) acceleration field . 

In a more recent study conducted at AM.AL, a 
second attempt was made to explore higher mental 
functioning of human subjects exposed to accelera­
tion stress . The task required the subject to moni­
tor two small display tubes which were located 
directly in front of his normal line of vision. The 
left-side tube presented numbers, and the right­
side tube presented plus and minus symbols . The 
task was to continuously make matches for these 
two presentations simultaneously as the runs pro­
ceeded and to select one of two buttons to indicate 
whether both the number and symbol which were 
then appearing were the same as or differentfrom 
those which had occurred a specified number of 
trials previously. Nineteen male subjects volun­
teered to perform this running matching task 
while sustaining transverse accelerations of 1, 3, 
5, 7, and 9 G's. Each test was 2 minutes 18 sec ­
onds long. The results of the experiment suggested 
that proficiency in immediate memory was main­
tained at least through 5 transverse G . However, 
at 7 G and 9 G, some impairment in imm,!diate 
memory was observed . 

During prolonged exposure to acceleration, 
the continuous concentration necessary for per ­
formance maintenance is difficult, fatiguing, and 
boring . For example, during an extended 2 G 
centrifuge run which lasted for 24 hours, the sub­
ject started out with a somewhat detailed set of 
procedures to follow in making medical observa­
tions upon himself, recording his subject com­
ments, and writing and typing 13, 15. However, 
the subject found that, in spite of his initial high 
resolves, he took naps and listened to the radio 
instead and suffered primarily from boredom and 
fatigue , Areas of. contact with the chair in which 
he was seated were the sources of the greatest 
localized discomfort, At 16 hours elapsed time, 
the subject reported the onset of aesthenia of the 
ring and little finger and outer edge of the palm of 
the left hand. The subject found it impossible to 
maintain his originally prescribed maintenance and 
observation schedules. 

In an attempt to obtain specific information 
concerning the effects of extended, moderate ac ­
celeration upon hig_her mental abilities, a shorter 
study (+2 Gx for 4 hours) was performed. The 
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subject was secured in a contour couch and re­
quired to perform the two-symbols running match­
ing memory task previously described every 10 
minutes . The subject was able to perform this task 
throughout the entire period with only minor per­
formance impairment. Furthermore, task perfor ­
m,i.nce during the 4-hour acceleration exposure was 
not significantly different from performance either 
before or after the centrifuge run. Throughollt the 
test period, task performance was highly correla­
ted with the pilot's subjective estimations of his 
proficiency. 

The Effects of Acceleration Upon 
Specific Mission Tasks 

The performance measurements described 
thus far have emphasized the effects of accelera­
tion(s) upon the expression of rather general psy­
chological and/ or psychomotor abilities. Recent 
data indicate that even highly specific and well 
practiced skills are not imm,.ine to the effects of 
acceleration. For example, performance measures 
collected during a recent astronaut training pro­
gram, Mercury Centrifuge IV, conducted jointlyby 
NASA and AM~L, revealed several significant ef­
fects of dynamic simulation upon pilot -performance 
and response . 

Two primary modes of centrifuge control may 
be used during such a dynamic simulation of the 
accelerations associated with space vehicles and 
high-speed aircraft: ( 1) open-loop and (2), closed­
loop centrifuge command sys terns. In open-loop 
control, the centrifuge commands are prepro­
grammed either on punched tape or within the com ­
puter proper . These programm~d commands are 
not subject to pilot control short of termination of 
the simulation by activation of the abort switch . In 
closed- loop centrifuge control, the pilot overlays 
the effects of his control actions upon the prepro­
grammed acceleration profile. The actual accel­
erations imposed upon the pilot thus reflect not 
only expected system characteristics but pilot per­
formance as well. 

By combining the control motion outputs with 
the preprogramm,;d acceleration commands, the 
computer's coordinate converter system presents 
drive signals to the centrifuge which directly re­
flect the pilot control outputs . 

During both modes of operation, the pilot's 
instruments and panel displays, particularly those 
concerned with the vehicle's rates and attitudes, 
are usually controlled by a closed- loop system to 
provide the pilot with immediate and continuous 
feedback regarding his control ac ti vi ties . However, 
certain displays such as event- times and/or se­
quences are often controlled in an open-loop manual 
or preprogramm,?d fashion. Figure 28 is a sche­
matic presentation of the centrifuge/computer 
interface during open-loop acceleration command 
{solid lines) and closed-loop panel display (open 
lines). 



For the simulation to be discussed here, a 
punched-tape program was used to drive the centri­
fuge in an open-loop command fashion . The side ­
arm controller, the computer, the instrument 
panel, and the pilot formed a closed-loop system 
of display activation. The acceleration profile 
(Figure 29) was a real- time approxim~tion of the 
accelerations predicted for the orbital mission . 
For the runs to be discussed here, the orbital 
time was collapsed with retrofire closely following 
the completion of the boost phases and capsule 
turnaround. During static simulations, only the 
closed-loop display system was activated, thus 
providing a real-time simulation of the control 
tasks with their associated panel displays and tele­
panel sequence indications . The dynamic simula­
tions used the same displays and controller tasks 
but were accompanied by the open-loop driving 
commil.nds to the centrifuge which superimposed 
the acceleration profile upon these piloting tasks . 

The data to be discussed here are based upon 
a series of twelve simulations (four static and 
eight dynamic} which were flown by each of the 
seven astronauts . These twelve simulations sam­
pled performance under most of the possible com­
binations of acceleration, suit, and cabin pressu­
rization conditions . 

During such simulation programs, pilot per ­
formance is continuously monitored a nd evaluated, 
The facility primarily responsible for this phase of 
simulation assessment, the Engineering Psycho­
logy Laboratory, is equipped with an analog com­
puter and associated equipment including graphic 
p lotting, digital print out, and FM- tape recording 
capabilities . The primary unit of measurement is 
the analog error as represented by the voltage dif­
ferential between inputs representing the existing 
controller and/or vehicle positions and the prepro­
gramm,~d inputs representing the appropriate or 
desired attitudes , Figure 30 graphically summar ­
izes the techniques of analysis and summarization 
available within this facility. This figure also por ­
trays the capability for discrete task and event re ­
cording as well as for recording the latency of 
pilot response to displayed event indications . 

In the course of an orbital mission of the 
Mercury type, in addition to his other duties the 
astronaut is required to monitor the telelight por­
tion of the capsule instrument panel and to confirm 
booster and/or capsule response(s} to a program­
med sequence of flight events . If an event is not 
performed at the scheduled time, the telelight 
panel displays a RED-LIGHT condition (indicating 
capsule receipt of the event comm,1.nd not accom­
panied by inte1·nal confirmation of the required 
operations) or a NO-LIGHT condition (indicating 
panel and/or internal telemetry system failure} , It 
may then be necessary for the pilot to manually 
initiate (over-ride} the opcration(s} normally insti­
gated by the automatic, programm,1d circuitry. 
D uring training simulations such as the recent 
Mercury IV program, an externally mounted con­
trol panel (Figure 31) is used to monitor and control 

the inputs to the t e lelight display which is along the 
left side of the pilot's control panel (Figure 2) . 
When RED- LIGHT or NO-LIGHT indications were 
given, a .01-second timer recorded the time be ­
tween normal automatic instigation and its a ssoci­
ated telepanel warning and the performance of the 
required over - ride by the pilot. 

It should be noted that only one of the required 
telepanel over- rides, manual operation of the Es­
cape Tower J ettison ring, occurred under G. Even 
this over - ride involved only moderate acceleration 
loads of approximately 2 G. However, for purpo­
ses of the following discussion, telepanel responses 
which were made in the course of simulations in­
volving centrifuge acceleration are classed as Dy­
namic responses even though little or no accelera ­
tion loads were present at the actual moment of 
response . 

The following three general categories of ac­
celeration effects were among those noted during 
the course of this program: 

1. A cceleration resulted in the insertion 
of specific control inputs of which the pilots were 
often unaware. 

2 . Acceleration generally disrupted the 
timing and precision of pilot control. 

3 . Discrete task functions such as an op­
eration over-ride were affected by accelerations 
which preceded and/or followed them though the 
operations themselves were performed under mini­
mal acceleration loads . 

These three effects of acceleration have been 
treated generally elsewhere S, lO _ The purpose of 
the following discussion is to show how these gen­
eral effects are expressed within a specific system 
configuration . 

Inadvertent Gonh·ol Inputs 

At rest, a side-arm controller such as that 
used in the Mercury capsule is adjusted to main­
tain the central position in all axes and is balanced 
to retain this inactive, central position under ac­
celeration, Any displacement of the controller, in 
excess of the central inactive range or "dead-band", 
serves to activate the capsul e's control jets 
(nozzles) which impose reorientation accelerations 
upon the capsule . D ynamic conditions are not in­
frequently accompanied by contr oller deflections 
of which the pilot is unaware . Any control deflec­
tions occurring without the knowledge and intent of 
the pilot can seriously complicate the control task. 
Such inadvertent control inputs can even result in 
complete loss of control, since the limitations upon 
nozzle velocity are such that inadvertent inputs can 
easily reach sufficient magnitudes and/or durations 
to impose reorientation rates beyond those which 
can be damped within the time limits established by 
the mission profile . These inadvertent inputs often 
mirror the accel eration profile under which the 
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control tasks are performed. Figures 32,. 33, and 
34 are representative examples taken from actual 
records, which display such inpuls in the roll, yaw, 
and pitch axes respectively, As illustrate:d by these 
sample records, these involuntary control deflec ­
tions generally appear in a single axis though Fig ­
ure 35 illustrates the less frequently observed si ­
multaneous appearance of inadvertent inputs in two 
axes: roll and yaw , The fact that the pilots are of­
ten unaware of such inputs is illustrated by the fact 
that the excessive fuel utilization associated with 
such sustained deflections was interpreted upon 
several occasions as a simulated fuel leakage prob­
lem and not as the res ult of r:ontroller activation . 

General Control Effects 

In addition to inadvertent inputs which accom­
pany acceleration, other more general ef:fects of 
dynamic conditions may be observed . Acc:eleration 
appears to generally reduce the sensitivity and 
timing of all controller movements. Figuires 36 and 
37 are sample portions of the recorded static and 
dynamic performance of the same pilot taken with­
in twenty minutes of each other. These re,cords 
serve to illustrate the general effects of a.ccelera­
upon the frequency and amplitude of contr·ol move­

ments . Certainly no one should be surprised to 
learn that the task of Hight control is mad.e mo1·e 
difficult by the imposition of acceleration forces . 
However, the authors are willing to risk t:he accu­
sation of pedantry in order to emphasize t:he extent 
of such effects as well as the need to assess such 
effects by dynamic simulation before attempting to 
estimate actual flight performance param,eters . 
The fact that dynamic conditions do affect pilot 
effectiveness is amply illustratedby the percentage 
of simulated reentries in which the rates of capsule 
oscillation were kept within the limits of control 
capability under static and under dynamic condi ­
tions (Figure 38). Since the simulations upon which 
these percentages are based imposed pitch and yaw 
oscillation rates drawn from the upper extreme of 
the range of expected values , and insofar as Friend­
ship 7 successfully reentered even though the oscil­
lations were quite large, these percentage,s do not 
represent the probability of success of an actual 
Mercury flight or similar missions . However , 
these figures may be considered representative of 
the general effects of acceleration upon the ability 
of pilots to dynamically perform control tasks 
which they perform easily under static conditions . 

As previously mentioned, the tendency to use 
less discrete, more frequent control inputs (Fig­
ure 37) under dynamic conditions is associlated 
with an overall increase in fuel utilization,. A most 
important aspect of this relationship rests upon the 
fact that differential rates of fuel usage we,re ob­
served even when no significant differences in ade­
quacy of control as measured by integrated attitude 
error were present. As previously indicated, pilot 
ability to damp the reentry oscillations fu pitch and 
yaw was reduced under dynamic simulation. In 
contrast, control capability in the roll axis was not 
significantly affected by dynamic reentry a-ccelera-

tions . Therefore , roll control during reentry can 
be used to illustrate this dynaoic effect under con­
ditions of equivalent error . Figure 39 illustrates 
not only the correlation between incurred roll rate 
error and compensatory fuel usage [fuel used/lbs . 
= k • ( . 00012-Integrated Roll Rate Error in Degree 
seconds /sec . }]but also that fuel utilization was 
approximately 33 percent greater under dynamic 
(k = l . 328)than under static conditions (k=l.00} 
though integrated error was of the same approxi­
mate magnitude under both conditions. It is highly 
unlikely that the additional fuel usage predictable 
from these results would interfere in any way with 
a mission such as the Mercury three orbital flight 
sinceadequate fuel reserves were available. How­
ever, it is conceivable that the failure to take into 
account a potential increment in fuel expenditure in 
excess of 30 percent could have serious consequen­
ces ir. future missions of longer duration. Data of 
this nature emphasize the advisability of obtaining 
both dynamic and static performance evaluations 
for any system configuration before placing esti­
mated values upon such design parameters as re~ 
quired fuel reserves. 

Other aspects of pilot performance also confirm 
the value of dynamic performance evaluations . As 
may be seen in Figure 40, the hard suit (5 psi dif­
ferential pressure) conditions resulted in a reduc­
tion in relative piloting performance as measured 
by the percentage of the reentry simulations in 
which capsule oscillations were successfully 
damped during static simulation of the reentry con­
trol task. but appeared to assist performance under 
dynamic conditions . The performance values pre­
sented in this figure are not absolute but represent 
relative performance using the conditions of 
STATIC /SOFT-S UIT, under •·1hich control most 
often retained throughout the reentry profile, as a 
base-line referent. The additional forearm support 
provided by the pressurized suit appeared to reduce 
the freq uency and/or magnitude of the previously 
described inadvertent inputs which accompanied dy­
n amic simulation. As the tendency to insert such 
inputs was reduced through practice, the stabiliza­
tion provided by the inflated suit appeared to become 
less and less of an advantage and the interaction be­
tween suit and run conditions was markedly less 
during the latter stages of training . Verbal reports 
obtained toward the end of the training program 
indicated that the pilots considered SUIT- HARD 
conditions more uncomfortable and perhaps even 
less effective . 

Discrete-Task Responses 

As can be seen in Figure 41, the overall mean 
response time to telepanel indications was not af­
fected by acceleration. However, dynamic simula­
tion did significantly increase response variability 
(F = 2 . 9, p < . 05). This latter finding could be of 
operational significance in system configurations 
requiring precise manual sequencing on the part of 
the pilot. Also, of interest, is the observation, 
implied by the large variance in the response times 
obtained under acceleration, that individual pilots 
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react differentially to the stress(es) of dynamic 
acceleration conditions . Table 1, which summar­
izes the performance of the five astronauts for 
whom complete data were available, serves to 
demonstrate the extent of this differential reaction. 
As shown in this table, pilots No . 1 and No. 4 dis -
played shorter reaction times under dynamic con­
ditions to all but one malfunction indication. At the 
other extreme, the response times of pilot No . 2 
to all indications were retarded during dynamic 
simulation. Under acceleration, the other two 
pilots exhibited consistent but mixed response 
time alterations as a function of the indica1tion 
involved , 

Table 2 summarizes the relative response 
times to the NO- LIGHT and RED- LIGHT p2,nel 
indications under both static and dynamic condi­
tions . As can be seen, response time was c on­
siderably longer when no indication was given 
than when improper sequencing was displayed to the 
pilot by the RED - LIGHT panel indication. ]Response 
variability was significantly {F = 88. 53 p<. 01) 
greater under the NO-LIGHT condition. There was 
some tendency for a c celeration to increase reac­
tion time to the NO- LIGHT condition more than for 
RED-LIGHT presentations though response, vari­
ability was such that this interaction was not found 
to be statistically significant. However, additional 
evidence of an interaction between type of indica­
tion and acceleration is available from a ta,bula ­
tion of totally missed telepanel indications,, Upon 
only seven occasions did the pilots fail to make 
any response whatever that would indicate recog­
nition of an existing sequencing problem. All 
seven of these response failures occurred under 
the NO- LIGHT and Dynamic conditions. 

Average response times were not significantly 
affected by the change in altitude simulated by 
gondola evacuation (Figure 42). Average over -
ride latency was 3 . 64 seconds at sea level pres­
sure (14 . 7 psi) and 4. 68 seconds when gondola 
pressure was reduced to 5 psi. As shown im Fig­
ure 43, the pressurization of the suit did not sig­
nificantly alter response time . Average latency 
was 4 . 28 under SUIT-HARD conditions and of3 , 68 
seconds with the soft suit. 

Summary and C.onclusions 

This report attempts to consolidate the findings 

of both prior and recent research in the area of 
acceleration effects upon performance and to re­
late these findings to basic piloting behaviors. The 
decrements in the visual, psychomotor response, 
and intellectual processes which have been found 
to accompany acceleration stress are quantified 

where possible . Both transverse and positive ac­
celerations have been shown to raise the le,vel of 
contrast required for visual brightness and. to re­
duce gener al acuity at acceleration loads well be­
low those which result in gross visual impairment. 
Similar impairments in discrimination response 
rates are also discussed. The techniques t:hus far 

used to assess higher mental ability under accel­
eration are presented as are some of the problems 
which complicate such measurements . Data from 
such studies are presented to illustrate the reduc­
tion in imm,~diate memory and information proces ~ 
sing capabilities of pilots experiencing both high­
level, short term and moderate , extended accel­
erations . 

The known effects of acceleration upon the 
ability of pilots to "fly" both simple and whole ­
system simulations are cataloged with special 
attention given to the ways in which such vari­
ables as system complexity, controller construc­
tion, restraint and life- support equipments, and 
subject learning serve to c>.Ugment Or reduce these 
effects . 

Brief introductions describing the relevant 
nomenclature, simulation techniques, and data 
handling processes precede the discussion of 
research findings . 
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Table l 

Malfunction Indication 

Pilot Jett . Sep. Jett. Ret. 
. 05 G 

MaiJ:l 

Number Tower Cap . Retros Scope Chute 

l - + ... + + + 

2 - - - - - -

' + 3 - - + - -
4 + t + - + + 

5 - - t - + + 

(+) " Pilot took tonger to respond 1mder STATIC 
than DYNAMIC conditions. 

Table 2 

Average Response Times as a Function 
of Indication Mode and Acceleration 

RED-LIGHT NO- LIGHT TOTAL 

STATIC 2. 102 5.126 3 . 383 

DYNAMIC 2.236 6.683 3. 537 

TOTAL 2 . 733 5.988 
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FIGURE I. The AMAL centrifuge chamber show ­
ing the 50 - foot ,:1.rm, the gimbal mounted gondola, 
the control blister, a nd the loading platform. 

FIGURE 2 . Mercury Astronaut in AMAL centri­
fuge gondola during training and simulation in 
preparation for Mercury Redstone and Mercury 
Atlas space flights . 
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PHYSIOLOGICAL DESCRIPTION OF ACCELERATION 

Z·oxis 

(Body Flu,ds, Heorl D,splocemenl, W,1h Respec1 10 Skeleton) 
L,neo, Accelerollon Modes 

Towords sp,ne 

To"'o,ds sternum 
Towords feet 
Towards heod 
Towards left 
Towa,ds nght 

Descripl ,on of Heort Mallon 

Other Descro pllons 

Eye·bolls•in 
Eye•bolls•out 
Ey,·bol~·down 
Eye·bolls·up 
Eye·bolls·leff 
Eye-bo11s-ng1"11 

Cht-sl· IO·boc .. 
Boc.,·to·ctiest 
Heod·to· fool 
Foot· lo· neod 

Sock,..ord loc,nq 
Forwcrd toc'"q 
Headword 
F"oolword 
R,qhlword 
leflword 

NG•% a N1 Gll • Nz Gy• N,Gz 

N-z • N1t, N/• N,' 
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· G, 
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•G, 
· G, 

Un11 

q 

9 

Aogulor Accelerot,on Modes 

Acceie,orion oboul X·ox1s (roll Olli$) 

Accete,n110n obou1 Y-ox15, l~•'Ch o,;1s) 
R.. rod/sect 
A. rod/sr,.cr 

Acce1e,O11on ot>out Z-011$ tyow oios) R1 ,act1sec2 

FIGURE 3. Physiological displacemen,t nomen­
clature used in describing the physiological effects 
of acceleration. 
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FIG URE 4. Avei:age acceleration tolerances for 
positive acceleration ( rGz), negative .acceleration 
(-Gz), transverse supine acceleration ( + Gxl. 
and transverse prone acceleration ( -Gx) . 



FIGURE 5. :Stimulus Display Generator. 

FIGURE 6. Subject shown viewing the stimulus 
display generator. 
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A. Mercury Type Control Handle 
B. Oxygen Regulator 
C. Visual Response Button 

FIGURE 7. Pressure Breathing Oxygen Regulator 
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FIGURE 16. Subject positioned in contour couch, 
suspended from tthe centrifuge arm, and operating 
a control device during a tracking trial. 

F IGURE 17. Pilot restrained in contour couch, 
with associated shoulder, arm, head, and face 
restraints performing a tracking task in the AMAL 

Centrifuge. 
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FIGURE 18. Pilot in advanced G-protec:tion 
system, developed by NASA and tested at the AMAL 
Human C entrifuge . This system was des:igned to 
provide protection for "'f Gx - Gx and + Gz accelera­
tions . 
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dee rements by pilots who performed complex 
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accel erations of l, 3, 6, 9, 12, and 15 G:,c, 
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FIGURE 31. Externally mounted control panel. 
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The Mercury Capsule Attitude Control System 

J . W. Twombly 
Section Manager, Guidance and Control Mechanics 

McDonnell Aircraft Corpor ation 

In accordance with the basic design concepts of 
the I,ercury Capsule, the manual and automatic con­
trol systems were developed to provide a redundant 
and integrated method oi' controlline the capsule 
attitude. The s:'St ems were designed to meet the 
requirements of ballistic and orbital flight, for 
normal anc abort missions . Sir:ce the orbital mis­
sion includes all modes of control, it will serve 
as a basis for the system description. This ll'is­
sion profile is shown i n Figure (1) , and its atti ­
tude control system requirements are sumrnarized as 
follows: 

A. Provide a 180 degree yaw maneuver following 
separation from the booster, and achieve a zero­
r oll, minus J4 degree pitch attitude. In this at­
titude, the retro- rockets are properly aligned and 
beacon transmission from the C,Y.lindrical portion 
of the capsule is not blocked by the heat shield. 

B. Maintain attitude with + 10 degree accuracy 
until time of retrograde rocket firing. 

C. Haintain attitude with + 5 degree accuracy 
during retrorocket firing. -

D. Achieve re- entry attitude of+ 1 . 5 degrees 
pitch, then maintain it until 0 . 05g deceleration 
is experienced. 

E, Provide re- entry roll rate of 10 degrees 
per second to minimize touchdown dispersion, and 
lir.ri.t pitch and yaw rat.e oscillation to 2 degrees 
per second during re- entr y. 

The control system may be divided into automatic, 
sell'i- e.utomatic, and mar.ual subsystems all oi' which 
utilize the decomposition of hydrogen peroxide for 
ge.rerat.ion of thrust necessary for rotation of the 
can'>ule. 

As sho~m i n Figure ( 2) , two completely separate 
and independent fuel supplies are provided. One 
is primaril,y for the autorr.atic control system and 
the other for the manual control ~ystem, although 
each may be used by auxilia:ry means. 

The autor.atic control system, which has the capa­
bility of meeting all attitude control require­
ments thro~rhout the mission, consists of an atti­
tude reference utilizing two horizon sca~J1ers and 
two attitude gyros, three rate--sensinf ryros, and 
control lo6ic, which cornl"ands on-off operation of 
rea~tion control thrust, Un pitch and yaw axes, 
1-pni..nd and 21.i-pound thrusters provide angular ac­
celerations of 0.5 deg. /sec, 2 and 12 deg. /sec. 2, 
respectively. On the roll axis, 1- pound and 6-
round thrusters provide 0. 5 and J deg. / sec . 2 re­
spectively. 

The reaction control system is supplied by Bell 
.\.erosystems ; the horizon scanners are manufactured 
oy Barnes Engineer ini:;; and the remainder of the 
electronics, the Automatic Stabilization and Con­
trol System (A.SGS) , is supplied by the Minneapolis­
Honeywell Regulator Company. 
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The :nanutl control system consists of a three-axis 
hand controller, which is connected by mechanical 
linkage to throttling valves. These valves pro­
vide fuel flow such that output thrust is essen­
tially proportional to controller deflection and 
has a ~aximum value of 24 pounds for pitch and yaw 
control and 6 pounds for roll control. Several 
sources of attitude information are available to 
the astronaut. A 360- degree view of the horizon 
m~ be seer. through t,,e periscope and a window 
<:i..ves direct but more limited view of the earth. 
[n addition, a more quantitative display is pro­
vide~ by the r ate and attitude indicator. The dis­
played attitude information is derived from the 
ASCS attitude f!yros, and the rate sigrials are 
taken from a separate set oi' rate gyros. These 
same rate fyros are a part of the Rate Stabiliza­
tion and Control System (RSCS) . This semi - automa­
tic system will, if selected by the astronaut, pro­
vide angular rates proportional to controller de­
flection, and in the absence of rate connands pro­
vides rate damping about all three axes. Like the 
ASCS, the RSCS is an on-off system which actuates 
solenoid-controlled v~lves, but it uses fuel from 
the manual system supply. 

One other manual system, kno1•m as "-·ly-P.y-Wire" 
(Fl.3\-!), is also available to the astronaut as a 
means of util izine the automatic fue) supply in 
ca~e of a rnaliunction of the rtSCS , }~croswitches 
actuated by the hand controller linkage energize 
low and high level solenoid valves of the automa­
tic fuel system. Low level thrust is obtained at 
approximately 1/3 of total controller travel; 
high level thrust is obtained at 3/L total deflec­
tion. 

It can be seen, therefore, that each of the inde­
pendent hyciroeen peroxide fuel supplies may be 
used by two separate systems of attitude control. 

The physical locations of major systems, including 
the control system components, are sho,m in Figure 
(J) . Gyros and ASCS electronic equipment are 
mounted on shelves which are located on each side 
of the astronaut. The ]SCS electronics paclcage is 
located unC:er the astronaut• s right a:nr.; the hand 
controller and linkage are a: so displayed. The 
pitch and yaw thrusters are located in the cylin­
drical section of the capsule, and the roll thrus­
ters are located on the sides of the capsule near 
the naximurn diameter. The horizon scanners are 
also mounted in tfie cylindrical section of the 
capsule. 

The astronaut's instrument panel is sho,m in Fig­
ure(~) . At the top is the rate and attitude in­
dicator. Th1 s instrument was desi,ned to minimize 
eye motion byplacing rate and attitude needles for 
eac'- axis in close pr oximity. The instrument is 
located so that the rate indicator can be used in 
conjuncti on with either the window or periscope 
display. The ASCS/RSCS selector switches and re­
action control fuel supply valves are on the left 
console. Automatic, semi- automatic, and manual 
control modes mey be selected on any or all of the 
three axes, and super-position of manual and auto­
matic control is possible. 



Jcsr,ite the co:1t.rol capability of the astronaut, 
11omal i'\t' itucle control is provided by the ASCS, 
a.11d of course in unmanned flights , it must oper­
atE u.,3ssistcd , Th.::.s syst en, therefore, '-/ill be 
de!icribed l'lore extensively and soi'le ear ly flight 
t1,ot results will be presented, 

!'ir--.ire (5) , a 1:-lock dia'Tal"! of the .IBCS , shows it 
to co:isi st of a set of ra '.e r;yros, having outputs 
at disc::-ete -at,,s rather than ,>roportional r ates, 
a set of two, two- dec:;rec-of- freedom attitude 
Tfr oo, :;in O. O'.,a accelero:~eter switch and a major 
electronics 1,nit, kno·.m as the anplifier- calibra­
t.nr. ··:i thin tho "a"l!)- cal" are .four :,ajor sectioos, 
:ioc:e loeic, control lo,<>ic, -yro slavinr: loops and 
attitude rerieatElr servos , The arnlifiers and 
logic syste!lls u~;e solid state devices throughout; 
a!lproximately 500 diodes anc' transj stors are re­
quired. The node loric responds to corunands from 
capsule wirinl" and 9laces the .\SGS in an appro­
priate mode of c:ontrol. The control logic main­
tains attitude 1:ontrol in one of several modes: 
orientation, orbit, retro- fire, or ra'e daripincr, 
'!'he attitude repeater servos take the attitude 
-;-.-ro output sync!hro signals representing pitch, 
roll .ind yaw an;•les and drive l'!ultiplc outputs; 
attitude sector switches for control logic, po­
te-itiorrieters fo:r telenctry, and s~mchros for at­
ti" ude ind· ca ti on to the astronaut. It is by 
biasinF the ~itcl a."'Ci.s repeater that pitch atti­
tude is chanPcd frO!'I orbit to re- entry atti-cude. 

t~ sho1m in Fig,llre (6). the slaving loops are 
used to slave t'he vertical f:,'TO fimbals to the 
roll a~d pitc~ orizon scan~ers. to save the di­
rect~onal fYTO roll ~iMbal to the vertical r;yro 
roll -ir~bal, 3Ild to slave the yaw eimbal of the 
<li rectional rr.rro to a yaw reference signal da-
ri ved frOJ11 the vertical ryro slavin[: loop. This 
yaw reference sinia.l is taken froM the in~ut to 
the roll ( in .er) "'.i.r.ibal torquer, since the aver­
aee torquinr rate of this ;"i.mbal is proj)Ortional 
to the yaw an,-le of the capsule . This may bo 
more readily visualized from the vertical "Yro 
ginbal dia::-ran of Figure (7) . 

ln its normal, or zero yaw angle condition, wlu ch 
is shown in i•'i.gure ( 7a) , t he vertical e;:rro inner 
gi~bal requir es no torquine rate to naintain the 
spin axis vertical. For a 90-degree yaw anrle of 
the ca,sule, r-s shown :'..n Fi11;ure ( 7b) , the horizon 
SC'i!'l.~er slaves the inner gimbal at the orbital 
rate in or der to maintain a vertical soin rucis. 
At any interrneciliate yaw anrle, the t orquin;- rate 
is pr or,ortional. to the sine of the ancle . For 
s!11llll :;aw an"'lc•s, therefore, the roll '"iMbal tor­
qui11c sirnal, when Multiplied by (1/ .. C.U, is ap­
!)rO.xiMa-cely equal to the capsule yaw angle and is 
the yaw refe:rerice to which the directional e:yro 
is slaved, For econoll\'f o.f electrical power, the 
slavini:; loops are ener;,:ized a,inroxinately ( "1in­
utes of every half -hour in orbit, 

'i'hc control lorric, which is made up of transistor 
and c:.:.ode circuits not critically dependent on 
voltar·e, receives the step f•mction out puts of 
the atti tucle :m!)eaters and the discrete rate sig­
n:iJ.3 frOITI the ASCS rate e::,ros. Usinr these step­
wise indications of attitude and rate conditions, 
~ Onf! with the output of the mooe switching sec­
tion defininr the current hase of the J1lissian, 
"decisions" aro made wi·ich result in the actuatim 
of a~propriate reaction control valves, 
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Two examples of the contr ol loeic are shmm by the 
phase plane diar•rans of Figure ( 8) . In the upper 
portion of the figure , the "retrograde attitude 
hold" mode is displayed. The control log'.1.c applies 
hii:;h positive or negati ve torque depending u;:>on 
the combination of existing rates and attiL tudes , 
In this example, the positive disturbance torque 
initially adds to the control torque to r <~duce the 
negative rate . Following a period of zer<J control 
torque, nepative tor que is a7Plied. The phase 
plane trajectory then continues to converge to11ard 
zero rate and attitude, but mav, r each an •~quili­
briUITl point at 3- riegrees of error if the distur­
bo.nce torque is sufficiently great . 

In the lower portion of Figure ( 8) is sho1.m the 
orbit mode of control. In this mode, onl;y- atti­
tude error sienals are used to develop a series of 
torque pulses which increase in width as attitude 
error increases. These pulses nroduce sufficient 
im,,.i.lse to damp original ra.,es of O. S degree per 
second and provide a converp,ent limit cycle oscil­
lation, whicli will normally exceed the .!, 3- degree 
boundaries only intermittently. The typical 
steady s tate oscillat.ion sho;m has a period of ap­
pro.xiriately four minutes and requires less than 
0. /i r,ound of fuel per hour. As a precaution, how­
f!vcr , the ASCS is prorr!l!runed to revert to the 
Maneuvering or "orientation mode" of control if 
attitude errors continue to increase beyond the 
v:il:ies corrospondini:: to the outer orbit rr.ode 
pulses. 

Other control nodes are the orientation m,ode , 
which utilize~ both hi1ch and low thrust a.nd is em­
ployed durinr the capsule :,aneuvers, sue~ as the 
lCO- dearee yaw rotation after separation, and the 
r ::itc darnpin11 mode, used for re- 1mtry. In the 
latter node, both hi"'h anrl low torques are used, 
in ::-esponsc to rate yro output signals. 

:Ji c:;ht testine to date has consisted of five bal­
liotic trajectory flights and three orbHal mis­
sions . In general, the control systems have per­
fomed as desirned, that is, satisfacto~' attitude 
control has been provided d.:!s!)ite the occurrence 
of reaction control malfunctions , Figuni (9) il­
lustrates the system performance during the first 
manned ballistic night, with Commander Shepard 
at tl-te controls, A rio::-tion of the yaw a.xis flight 
t<.>:;t data is sho,m in Fip.'IJ.l'e ( 9) . Follmnng cap­
s..lc separation, the ASCS provides S seconds of 
rate damping, then the 180-degree yaw maneuver. 
'!he .\SGS then drons into the orbit mode of control 
for a short period. In accordance with it.he flight 
plan, manual control is achieved by turning off 
the auto=tic fuel supply in a pitch, yaw, roll 
sequence. 

1·,pn1tal yaw ccntr ol is observed at t=JJl :seconds, 
and thereafter yaw rates are manually controlled 
to less than three degrees per second, even during 
the retro- rocket firine period. Average yaw error 
cturinr: the rocket firinr. neriod is appro:x:irnately 
six derrees, a satisfactory value for an or bital 
Mission since the resultant down range error would 
have been less than 10 nautical miles. This err or 
had no apnreciable effect on the ballistic trajec­
toIJ· uf Capsule No, 7 however. 

Captain Grissom's flight was equally successful, 
and he was the first t o make use of the RSCS. 



There followed the t hree orbital flights of one­
nrbit unmanned, t wo- orbit, with Enos aboard, and 
the three- orbit mission of Col. Glenn ' s . I n all 
of these orbi·tal flights the systems have operated 
satisfactorily, but their per fonnance has been 
marred by one recurring malfunct ion. In every 
case, during the first or second orbit there has 
occurred an apparent orifice blockage of one or 
more of the oi1e-pound thrust chambers. When this 
occurs in the orllit mode, tire capsule continues to 
deviate from i~he desired at ti turle unti l it r eache s 
in the case o:f the yaw axis, a value of thirty de-" 
~rees , At th:ts point the ASCS r eturns automatic­
,:;.lly to the oirientati on mode and utilizes the 24-
poU."ld thrusters to reduce the error to zero. The 
system then continues t o cycle i n and out of tre 
orbit mode and consumes fuel at the r ate of about 
eight pounds per hour. After a number of such 
cycles were noted i n Enos ' flight, the decision 
was made toterminate the mission at the end of the 
sec?nd orbit. In the case of Col, Glenn, however, 
attitude control could be maintained somewhat more 
efficiently by use of the Fly- By-Wire and Manual 
Prono!'tional modes of contr ol so that he was able 
t ,<' cm,n)ete tbe 3- orbit mission. Durin<' the retro-

MISSION PROFILE 
I-------OltAITAl --------1 

1•300 f♦JOS, ~ l ~ 

~~-==_<V_I_OII _______ IOI_O_IA_WGt =~1~ 1♦60 
/ WIili IIPAll'1!0H 11-0fflf A1!1TVOI 

I 

' l•ly:PrtOH UPilAJIO~ 
T•IJ6 IOOSTtl fNCifM. 

CVT0ff AND 
llPAlATIOH _ .. : ... 

lWN C..,::~ l•U< I 

' flGUll.£1 

MERCURY 
ATTITUDE CONTROL SYSTEMS 

ilO\;IU, I. 

, 
IM1Aa -Lt+l 244 

I AUTOMATIC SYSTEM 

I 
I 
I 

I 
I 
I 
I 
I 

---------r:;:;;::;i __ 
--------{_:::::J 

\ MANUAL SYSTEM 

230 

rocket firing period, t;ol. Glenn did employ the 
ASCS as the primary means of maintaining attitude 
while also applying manual proportional control. 

In addition to the continuing emphasis on system 
cleanliness, modifications to the orifice plate 
and to the thrust chamber catalyst bed are ex­
pected to overcome the thruster problem; tests of 
these modifications are currently under way. 

In :.iummary, it can be concluded that the Mercury 
contr ol systems have provided both autcimatic and 
manual attitude control of the capsule. With res­
y,ect to the solid-state electronics system, it can 
be sai.d that a high degree of reliability has been 
achi eved; there has been no in-f light failure o:f 
any of the control system electronics c:omponents. 

Based upon Col. Glenn's flight, it is a,pparent 
that future spacecraft can dispense with the 
"fully automatic" design of the Mercury Capsule 
and revert to the concepts of providing; effective 
manual control modes for astronaut cont,rol, and of 
including pilot- selectable automat ic mo,des which 
nrovide pil.ot relie.f or precision control. when 
t he:: are required. 

ASCS SYSTEMS 
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SIMULATION EQUIPMENT USED IN THE TRAINING OF ASTRONAUTS 

AND FLIGirr CONTROL Cfu.""'WS I N PROJECT MERCURY 

Stanley Faber 
He~1d, Flight Simulation Section 

NASA - Manned Spacecraft Center 

At the beginning of the Mercury Progrcam it 
was realized that the entire preparation of the 
man for piloting the spacecraft would hE,ve to be 
done by use of simulation techniques . I t was also 
realized that no single all-inclusive flight s:ilnu­
la tor could provide the astronaut with practice in 
all phases of the mission in a sufficiently real­
istic environment. To determine the simulation 
needs , the Mercury-Atlas flight was broken down 
into areas of astronaut mission responsi.bility and 
into areas of physiol ogical and psychological fac­
tors affecting the astronaut . A study was made of 
existing and proposed devices to determtne re qu:i.re­
ments, suitability, feasibility , and ava.ilability 
of these devices . The simulators and de·vices 
finally selected are listed in Figure 1 . Omitted 
from this list are several devices that are not 
actually simulators, such as mockups and. visual 
devices, disorientation devices such as the one at 
Pensacola, and airplane O g familiarization 
flights . The listings in Figure 1 are not by 
order of importance or time availability but 
rather in grcoupings of fixed-based and dynamic or 
moving-based simulators . 

The first two devices, Control Simulators No . 
1 end No. 2 1 were part- task trainers consisting of 
a pilot support, a hand controller, a simplified 
display panel, and an analog computer programmed 
vi.th six-degree-of-freedom equations of motion. 
In Trainer No . 1, the pilot was upright in a chair 
and used a research type three -axis hand control­
ler . In Trainer No . 2, the pilot used a couch 
support and a Mercury type hand controller . Both 
of these training devices were used for initial 
indoctrination and training in the manual control 
of the spacecraft attitudes during orbit, retro­
fire,and reentry . Control techniques, display 
configurations , and manual control With inflated 
pressure suit were all evaluated on these devices . 
The devices were retired upon receipt of the 
Mercury Procedures Trainers . 

The Mercury Procedures Trainers are complete 
flight trainers that allow practice and evaluation 
of all procedural and inflight tasks . Figure 2 
shows the trainer, the instructor ' s station in the 
foreground and the capsule in the backg,:nmd . Two 
trainers were produced by the McDonnell .Aircraft 
Corporation1 one for Langley and one for Cape Cana­
veral . The trainers are nearly identical with the 
exception of the computing equipment used to 
define the vehicle motions . The Langley equipment 
is capable of solving for all motions im~luding 
those caused by the aerodynamic effects during 
reentry . The Cape equipment, however, cari only 
reproduce the vehicle rotary motions of ,space 
flight . The trainers a.re relatively high-fidelity 
simulators of the operation of most of the onboard 
systems, especially those that involve d:irect 
astronaut activity . The major items not simulated 
are the spacecraft noises and the view out of the 
capsule through the window and the perisc~ope . The 
periscope display in the Langley Trainer has been 

animated to allow some attitude control practice 
using this reference system. The instructor from 
his station can introudce directly approximately 
275 separate vehicle failures and indirectly, 
countless more . 

The design of these trainers follows that of 
most airplane fli&)1t trainers in the limited use of 
actual vehicle hardware and to the use of electron­
ic techniques to animat~ all displays . The use of 
actual or pseudo-actual vehicle hardware is li.clited 
to that required to produce the physical environ­
ment, that is, the enclosure, the panel, the hand 
controller and associated linkages , the couch, the 
switches, and so forth , System hardware such as 
for the Automatic Stabilization and Control System 
or for the Life Support System is not used . The 
operation of these systems is duplicated through 
techniques making use of timers and diode function 
generators and analog computing amplifiers, inte ­
grators, and servos . 

The next group of devices listed in Figw·e 1 
are those in which physical motion is involved . 
These motions were used either to subject the 
astronaut to an inhospitable environment, reference 
the centrifuge or Multiple -Axis Spin Test Inertial 
Facility; or where motion cues are considered to 
be important; or where a moving base was the simp­
lest method of generating satisfactory displays , 

The first of these moving-based devices was 
the Pilot Egress Trainer , This trainer is a 
boiler-plate mockup of the spacecraft with similar 
hydrodynamic characteristics and similar escape 
path obstructions . The trainer was used in both 
tanks and open seas to develop the preferred_ recov­
ery and egress procedures . Procedures were 
formulated for egrcess from all probable vehicle 
conditions including very rough seas and a comple­
tely submerged spacecraft . The trainer is also 
used to train grcound teams supporting the flight . 
Helicoptor and ship retrievals were made in which 
the communications and recovery procedures were 
practiced . 

The next device is the MASTIF (Multiple-Axis 
Spin Test Inertia Facility) . This NASA-Lewis 
built simulator is shown i n Figure 3, Very brieffY 
it consists of three gimbal s individually powered 
by compressed nitrogen gas thrusters . Angular 
rates from near zero to over 6o revolutions can 
readily be generated . The astronauts were whirled 
to rotational speeds above those where disorienta­
tion occurs to become familiar with this 
disorientation and to practice stoo1,ing the motions 
by use of the Mercury hand controller and angular 
rate instrument displays . The tests served mainly 
to build confidence that in the event of a grcoss 
Automatic Control System failure, the astronaut 
could regain control of the vehicle and stop all 
tumbling . 
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Next on our list of simulation devices i s a 
facility considered one of the most important for 
the program. The Centrifuge at Johnsville has 
been used in astronaut training a,nd in engineering 
evaluations of man and equir,ment. The gondola of 
the centrifuge was equipped with as much vehicle 
hardware as was required to support the astronaut 
in the launch and reentry phases of the mission . 
This vehicle equipment included the support couch, 
display panel, hand controller and linkages, 
Environment Control System, pressUJ'e suit, and the 
biomeaicel instrumentation . To fUJ'ther duplicate 
fli o:ht conditions, the gondola was evacuated to 
reduced cabin air pressure of the actual flight . 
Six-degree-of-freedom equations of motion were used 
to animate the display panel however the accelera­
tion profiles were predefined. In the final 
training sessions man, equipment, and procedl.ll"es 
were evaluated by simulation of the complete three­
orbit mission starting with the c,reflight physical 
examination through countdown, launch, three orbit~ 
reentry, recovery, post mission debriefings and 
r,hysicals . Base line medical data for comparison 
with the flight data was a very important byproduct 
of these astronaut training periods , 

The last of the devices listed is the ALFA 
Trainer . Figure 4 shows the present form of this 
trainer . It i~. basically a pseudo-Mercury space­
craft mounted cm a spherical air bearing. This 
nearly frictionless support coupled with a com­
bined astronaut-plus-trainer center of gravicy at 
the center of the ball, produces an almost perfect 
simulation of :;1,aceflight, as far as attitude 
control is conc:erned . The structural support sys­
tem and the effects of the lg field on the 
trainee limit the yaw and pitch motions to plus 
and minus 35 degrees . Roll is unlimited . All 
t.hree attitude reference systems are available to 
the astronaut i.ncluding the erisco e, panel 
instruments, and the window. For the periscope 
dis r-la.y, a 10-root die.meter screen is viewed 
through optics simulating the wide -angle view of 
the vehicle r,erisco,,e . ;\ moving earth scene of 
the orbital track is back ! rojected onto the 
screen • This display is relatively accurate for 
deviation an!;les up to 25 degrees . For the oanel 
displays, actual vehicle hard·,1•are is used to meas ­
ure the attitudes and rates and to display these 
to the astronaut . For the view through the window, 
a lighted horizon and a generalized star field are 
provided . Mot'.lon of the trainer is controlled by 
astronaut use ()f compressed air jets. Either the 
manual proport:Lonal jets or the manual low-level 
fly-by -wire jets can be used . Disturbances which 
can be produced by misalinment of the retror)ckets 
are ·also simulated by compressed air jets. 

This pap,~r has thus far described the simu­
lators developed for astronaut training. The 
astronaut, how,?ver, is but one member of the 
flight team . !Phe operational plan for Project 
Mercury includ,?s a network of telemetry, command, 
and tracking s·tations around the world directed by 
the Mercury Cointrol Center at Cape Canaveral. As 
the design and construction of the network proced­
ed, it became evident that procedures to O[Jerate 
the network and facilities to test these proce­
dures were req1..1ired . This was especially true for 
the Control Ce:nter with its large staff who moni­
tor many varied inputs. At. the sa'!le time I it was 
evident that a need existed for verification of the 
readiness of t11e network to suµport a particular 
flight . The techniques of mission simulation were 

developed in order to supply the required facili ­
ties to exerci se procedures and to verify 
readiness . 

As in astronaut training, no one device or 
technique could supply all the required training 
and indoctrination to bring the Flight Controllers, 
the astronaut, and the entire Mercury Network into 
a well- integrated team, To accomplish this inte­
grati on, two simulation facilities were constructed 
and a technique of world-wide simulation developed. 

The first of these facilities, and by far the 
simpler, was constructed at Langley and was used 
to give the remote site Flight Controllers their 
i nitial familiarization with the displays and with 
the team aspects of flight monitoring. The facili­
ty consists of the procedures trainer and the 
displays typical of a remote site . Figure 5 shows 
a schematic of the facility . Vehicle da.ta is 
obtained from the trainer, conditioned, and sent 
directly to the Flight Controller displays . All 
intra and intersite communications are simulated . 
Before each Mercury mission, exercises a.re run to 
evaluate site procedures and to exercise· the Flight 
Controller -astronaut interface in both normal and 
abnormal situations, 

The second facility, the mission simulator, 
vas constructed at the Control Center ar.id consists 
of the Procedures Trainer, interface eqi;1ipment, and 
of CO..lrse the Control Center facilities . When 
operated to animate Control Center displays only, 
the simulation is considered to be operating closed 
loop . This means that any real time astronaut or 
Flight Controller action will affect the simulated 
mission exactly as it would an actual mi.ssion, 
The complex is also operated in an open loop mode 
in connection with world-wide simulatior.is . 

Figure 6 is a photograph of the simulation 
area and shows the data conditioning equipment, 
the data control panels, the trajectory displays, 
and controls in the foreground, The procedures 
trainer instructor ' s station, the traine:r capsule, 
and the trainer analog computer are in t;he back­
ground, Figure 7 is a schematic detail:i.ng the 
si.'llulation equipment and the tie - in to the Control 
Center . Spacecraft data, approximately 50 func­
tions, are taken :from the trainer I condttioned to 
look like telemetry, and transmitted to the opera­
tional telemetry receiving equipment in the form of 
the t 2lemetry composite before conversicm to radio 
frequency . The reverse path, commands t;o the 
spucecraft, are simulated be sensing swttch clos­
ures in the Control Center and using th~!se closures 
to effect changes in trainer operation . The URF 
and HF ::.ir-ground voice communications ~.re also 
simulated. The intermediary equipment c:an modify, 
interrupt, or cause false readings on ariy of the 
channels . This equipment also generate is the 
l'err.aining 40 telemetry narameters (including the 
biomedical parameters) which come from the vehicle 
dUJ'ing flight . 

The voice aspects of the vehicle ce>untdown and 
the range operations are simulated so that pre ­
launch and launch procedures involving these collllllu­
nications paths could be exercised. 

The trajectory- -and at this time we will speak 
only of the powered flight phase--was generated by 
either of two methods • Both methods ma};e use of 
the high speed operational data transmission 
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systems and t,he Goddard Computing Complex . The 
f irst method which utilizes the "B" Simulator was 
used during most of the simulations . This machine 
uses magnetic tapes containing all necessary data 
to simulate t.he launch area tracking. These data 
include the o,utputs of the Atlas Guidance System, 
the outputs o,f the Impact Predictor Computer, and 
raw radar dat.a . Also on the tapes are the di s ­
crete command.s of booster and sust.ainer burnout 
which control the procedures trainer operation . 
The tapes used on the "B" Simulator can and have 
been made to produce both normal and problem 
launches and orbits . A typical problem might be 
an overspeed cutoff which restricts the possible 
landing areas . 

The second method of powered flight trajectory 
simulation is used on laW1ch day to verify the 
comnlete launch area trajectory data flow subsys ­
tem. Taped inputs to the guidance and to the 
impact computers are used to exercise the comput­
ers, the launch area data conversion and 
transmission system, as well as the high speed 
data lines to Goddard. With this second system, 
the discrete launch events can only be sent to 
the trainer-via manual action of the trainer 
operators . 

Simulation of radar tracking after capsule 
separation was not necessary from the flight 
control procedures standpoint as the operational 
programs of the Goddard Computer can define the 
entire flight path and generate all Control Center 
displays from just the insertion vector . Remote 
site radar tracking was simulated however to exer­
cise the teletype system which is used to transmit 
this data to •Goddard , The teletype tapes were 
generated by <Goddard for replay at the remote 
sites during simulations . 

The above system details the closed loop 
mission simu:Lation capability at the Control 
Center . However one of the requirements of true 
mission simul1ation was to simulate world wide . 
To extend the capability to the remote sites, a 
method of an~nating the site displays was needed, 
Referring to J'igure 7, it can be seen that the 
simulated vehicle data was displayed at the 
Control Cente:r via operational ground station 
telemetry equ.ipment , equipment that is an integral 
part of every remote site . Therefore all that was 
required was ·to record the data from the trainer 
on magnetic t,apes and play these tapes at the 
remote sites . The tapes are made prior to each 
mission so that the format and calibration of the 
data would be relatively similar to the flight 
configuration , The other spacecraft data input to 
a site, the a1:;tronaut ' s voice, was simulated on 
the site by a1:i individual sc .... ipted to make the 
standard repo:rts and answer any expected querries 
from the Flight Control Teams . Both individual 
site exercise!:; and integrated network mission 
simulations w,:re conducted using this technique. 

To conduct an integrated network simulation, 
special telemetry tapes and astronaut scripts were 
supplied to each site • .Detailed instructions as 
to when to pla.y the tapes (in terms of time from 
liftoff) and as to the setup of the telemetry 
receiving sta·tion were also sent to all sites . 

Preparatio1n of these simulations required care ­
ful and thoro1.1gh planning and coordination. Since 
the simulatio1os are basically open loop, the 
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actions of the astronaut and the Flight Controllers 
had to be anticir,ated and these effects included in 
the prerecorded tapes . The missions were based on 
the flight plan and on the existing mission rules . 
A number of abnormalities or faults were included 
to exercise the astronaut and flight control proce­
dures and to test the mission rules . 

The s pecial telemetry tapes were prepared by 
having an astronaut fly a complete mission with the 
trainer personnel simulating all ground stations , 
A master telemetry tape was recorded and the site 
tapes were prepared from this master by copying 
data for only those periods the spacecraft would be 
over that particular site . The recorded data was 
reviewed to evaluate the suitability of the data 
from the standpoints of calibration accw-acy, con­
formity to last minute vehicle modifications, and 
adherence to the mission rules . If any of the data 
was not suitable, the telemetry ground station 
decoll'llllutators were repatched so that the flight 
control displays would be close to the desired 
readings . Repatchings were also used to produce 
further spacecraft failures , The use of this 
repatching technique allowed one telemetry tape to 
serve as the basis for several simulated missions . 
The scripts for the simulation of the air-to- ground 
voice were based on the astronaut ' s voice reports 
as recorded and on the objectives of the mission. 
As with telemetry repatchings, the voice scripts 
allowed considerable flexibility of operation . 

Mission simulations are conducted in a manner 
similar to the actual launch , The entire network 
goes through a three- to six-hour count.down 
actually performing the equipment, communications, 
and data flow checkouts. At the Cape, most of the 
launch area checkouts such as the spacecraft and 
booster are only simulated; however1 where tie-in 
to the network exists, the actual checkout is per­
formed. After liftoff each site receives contact 
with the spacecraft in turn and transacts its 
voice and data collection tasks . As a standard 
mission operation, each site reports to the 
Control Center a S\llJ1lllarY of the telemetry readouts 
and a synopsis of the Flight Controller ' s opinions 
of the vehicle and astronaut status . These tele ­
type messages are carefully monitored by the 
simulation group to insw-e that the desired dis ­
plays and data were received by the site and that 
the anticipated actions were taken . If deviations 
are noted, the simulati on group teletypes new 
instructions to the subsequent sites to attempt to 
get the "mission" back on track. The simulations 
normally terminate with s plash; however recovery 
a.,:,ects have been exercised. Not to be forgotten 
in.the simulations are the debriefings conducted 
by the Flight Director. These debrief'ings can and 
have lasted al:most as long as the simulated flight 
itself and have• lead to many improvements in pro • 
cedures and equipment usage . 

As may be evident from the preced.ing para­
graphs, mission simulation is more "te·chnique" 
than equipment . These paragraphs just brush the 
surface as to the many varied duties required 
before and during simulations to effec:t a success­
ful world-wide simulated mission . 

In conclusion, I might summarize the training 
routine that le~ds up to each flight . Sometime in 
the months preceding his flight, the flight astro­
naut participates in a ce ntrifuge program. He 
re-acquaints himself with the techniques of 



increasint; n1s a.cceleration tolerance and with the 
acceleration ,,ro,file as it affects his mission 
sequencing . Approximately three months before a 
flight , he starts intensive use of the ::,rocedures 
trainer and the ALFA Trainer to plan the flight 
and to become proficient in the inflight duties . 

The n~twork schedule is sorr,e,1lw.t more 
abrid,::;ed. About three weeks before the flicht, 
exercises are he,ld on the remote site trainer with 
the flight astronaut Jartici ating if possible . 
After de-)loyment to the remote sites , approxi ­
mately F -7 days, the Control Center with an 
assist f..-om Bermuda conducts launch abort exer-
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FIGURE 2 

MASTIF SIMULATOR 

FIGURE 3 

c i ses . The flight astronaut participates in ~hese 
drills as much as possible . The closed loon mode 
of Control Center simulation is used so that the 
total effect of any decision can be evaluo.ted. 
Between F -4 and F -2 days, full integrated net­
work simulations are conducted around the world . 
The astronaut has alreaey 11flo,m" these missions 
and perticipates mostly as an interested spectator. 

The above routine, in fact the entire simula­
tion and training effort was developed by a 
process of evolution and continues to develop as 
the needs of the program grow, 
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PARAGLIDER RECOVERY SYSTEMS 

By Francis M. Rogallo 
Aerospace Technologist 

NASA Langley Research Center 

The flexible,-wing concept, 1<1hich may be as old 
as the pterodactyl and was given serious considera­
tion by Leonardo Da Vinci, was apparently ignored 
by the Wright Brothers, Glen Curtiss, and others 
whose rigid-wing structures follow~d established 
bridge and roof,-truss design. Today's airplanes 
have evolved fr,om these early rigid-wing designs. 
The thin cantilever wings of modern high-speed air­
planes are not completely rigid, but they are elas­
tic rather than flexible. They can not be folded 
up like a balloon or parachute. 

In 1945 it occurred to the writer that if we 
could discover how to make flexible Wings that 
could be packaged and deployed somewhat like a 
parachute, such wings would have many new applica­
tions as well as replacing some parachutes and 
rigid wings. Previous uses of flexible materials 
in aerodynamic surfaces - parachutes, kites, boat 
sails, and wind mills - were reviewed, and some 
crude experiments were perfonned with gliders and 
kites. Before the end of 1948, the device now 
generally called a paraglider was evolved and 
developed sufficiently to merit a patent applica.-
tion1 . The study was continued privately as time 
permitted, and in 1954 a short paper on the sub-
ject2 was presented to an audience of about 
50 Reserve Air Force Officers. This paper was 
given rather wide distribution, although it suffers 
from lack of the many kite and glider demonstra­
tions of the original presentation. Little serious 
interest was shown by the aeronautical community, 
however, until about a year after Sputnik I . In 
December 1958 the flexible- wing concept was pre­
sented to the Langley Committee on General 
Aerodynamics with the aid of the hurriedly pre­
pared charts shown in figure 1, faithfully repro­
duced here for historical purposes. 

Of the many configurations and applications 
shown in figure 1, it was decided that the two­
lobe, single-curvature, suspended-load design that 
had already sho,wn much promise1, 2 should be 
investigated as a possible reentry glider . While 
preliminary work of this nature, which is reported 
in references 3' to 7, was in progress, information 
pertainiug to other applications was requested. 
The paraving wa.s shown to be a very effective high-

lift device for aircrart8 . It was demonstrated as 
a wing for a po,wered aircraft and an air-drop 

glider, both ra.d.io controlled9. It was considered 
for the recovery of rocket boosters10, and for the 
terminal glide and landing of manned space cap-
sules11 . And to support such applications, basic 
information on pressure distribution was 
obtained12, 13. The aerospace industry, partic­
ularly Ryan, No,rth American, and Goodyear, has 
also contribute·d pe.raglider information and has 
made feasibility studies of the recovery of 
boosters and SJ'8.Ce vehicles by paraglider. These 
studies indicated that such recoveries were 
feasible. 

Because NASA, work on flexible wings prior to 
l961, including, Langley Film L-593, was well 
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received at the January 1961 New York IJI.S Meeting, 
it was thought that a brief mention of NASA work 
done since then and continuing, in addition to that 
listed in the references, might be of irtterest. 
Langley Film L-688 sbovs some of this work. 

A wide range of wing geometric variables is 
being investigated vitb static vind-turu:,el setups 
such as those shown in figure 2. Line l_oads and 
complete glider static forces and moment,s are 
determined by the setup of figure 3. Stability 
and control characteristics of gliders i.n flight 
are determined by tests of remote-control models, 
such as are shown in figures 4 and 5. Space cap.. 
sule (fig. 4) and booster (fig. 5) models were 
flown in the full-scale tunnel and also by radio 
control after being dropped frotn a helic:opter. 
Deployment of the folded wings after dropping was 
an important part of the investigation by the 
Outdoor Test Unit of the Recovery Systeins Branch 
at Langley. 

In figure 6 is shown a propeller-powe,red model 
being flown in the full-scale tunnel, amd in fig­
ure 7 is a roughly similar gas7 powered radio­
controlled model with which some imprese1ive flight 
demonstrations were made. Figure 8 is a, static 
wind-tunnel model for force test in the 7- by 
10-foot wind tunnel, and figure 9 is the: Ryan 
Aircraft being statically tested in the Langley 
full- scale tunnel. 

The glider shown in figure 10 just af'ter lift­
off by a helicopter is 50 feet long and has 32-inch­
diameter inflated fabric tubes at the le·ading edges 
and keel. It has been towed to an altitude of sev­
eral hundred feet and released for free glide with 
weights of about 700, 1,300, and 1,900 :pounds vi th 
the small capsule shown. A standard siz,ed Mercury 
Capsule will be used next, and weight progressively 
increased. 

In figure 11 is shown a glider bull t and flown 
by the NASA Flight Center at Ed.1.-a.rds Air- Force 
Base, California. This glider has been towed to 
altitude and then released for glide and. landing. 
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Figure 3.- Wind- tunnel setup for determination of 
line loads and complete glider statis aerodynamic 
characteristics . 

Figure 2.- Typical wind-tunnel setup fo r systematic investigation of the effect of wing geometiry on the 
static aerodynamic characteristics of fiexible wings. 
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Figure 4 . - Remote-controlled model of a para­
glider recovery system for space capsules, 
shown flying in the Langley full- scale wind tunnel. 

Figure 5 . - Paraglider booster-recovery model 
that was radio-controlled after drop frorn a 
helicopter by the Langley Recovery Systems 
Branch. 

Figure 6 . - Remote-controlled model of a manned 
flexible-wing vehicle flying the Langley full -scale 
wind tunnel. 
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Figure 7 . - Ract10-contro1led gas-powered moael of 
a manned flexible-wing vehicle being prepared for 
flight by the Langley Recovery Systems Branch. 

Figure 8. - Static wind-tunnel model of a manned 
flexible-wing vehicle in a Langley 7- by 10-foot 
tunnel. 

Figure 9 , - Ryan flexible-wing vehicle setup for 
force tests in the Langley full -scal e wind tunnel. 



Figure 10. - Fifty-foot inflated-frame para.glider immediatel y after lift-off by a helicopter. 

' 

Figur e 1 1. - Para glider research vehicle built and flown at NASA Flight Resear ch Center, Edwards, Cal if. 

2 40 
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Introduction 

One of the major concerns in the pre­
liminary design of manned spacecraI't is 
the selection of the impact attenuffition 
system . From a designer ' s point of' view 
this involves determining a reliable sys ­
tem of minimum weight and size to limit the 
forces generated in the final phase of 
landing . These forces shou}d not exceed 
prescribed deceleration levels compatible 
with crew tolerance and vehicle integrity; 
e . g ., a gentle touchdown aln:ost coTT1fort­
able to the astronaut and non- damaging to 
the space cabin will assure the hip:hest 
survival probability . Other prime criteria 
affecting the desi~n are the manner of ap­
proach and surface conditions to be en­
countered . 

The landing approach parameters for 
earth let down systems applicable to man ­
ned spacecraft are shown graphically in 
Figure l. They divide into two distinct 
velocity direction categories ; those having 
primarily horizontal velocity, in wh i ch 
sinking speed is countered by the lift 
capability of the horizontally approaching 
system, and those having a predominantly 
vertical landing mode . The horizontal 
landing is exemplified by the Dynasoar 
spacecraft at relatively high ground speeds 
and requires substantial runout distance , 
The n ormal landing mode for a vehicle 
descending with paraglider is also hori ­
zontal , but at more moderate ground speeds . 
A prime example of vertical landing is the 
parachute descent system , So called verti ­
cal landings are often complicated by sub­
stantial horizontal velocity due to wind . 

Present generation spacecraft must 
land the crew safely under as wide a 
variety of terrain, sea-state and weather 
conditions as possible because an aborted 
deep- space rr:ission may require re turn to 
earth almost anywhere . Systems capable 
or landing in t~e vertical mode satisfy 
more completely such an emergency landing 
requirement . Horizontal landings and 
especially high-speed landings are a par ­
ticular problem because they require a 
hard surface prepared runway . Use of an 
ejection seat for emergency escape rnay be 
considered an adequate corr.promise m1~asu.re 
for crew survival with spacecraft ~~able 
to achieve satisfactory horizontal landings . 
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The ensuing landing gear simplicity is a 
recognizable advantage to be gained from 
such a design and operational phi losophy. 
Horizontal landing system requirements 
appear to be adequately satisfied by im­
pact attenuation gear such as that employed 
by the X-1$. 

This paper is concerned with a rev i ew 
of available energy absorbing materials 
and devices , and the results of an example 
evaluation of specific techniques applied 
to a vertical landing system. Many of 
the energy absorbers discussed have been 
investigated by Northrop Ventura for use 
in lunar as well as earth landing systems. 

Design Considerations 

The problem of achieving an efficient 
highly reliable impact attenuation system 
for a vertically landing manned spacecraft 
is complicated by the many design con­
ditions which must be satisfied. The 
principle of solution lies in the appli ­
cation of a controlled impulse to oppose 
vertical momentum, or a controlled dis ­
sipation of vertical energy, until only 
horizontal motion remains to be taken out 
by the friction . 

In determining impact attenuator sys­
tem size , the vertical velocity, of course, 
is the most critical factor to consider 
since energy varies as the square of the 
veloci t y , Since descent system weight 
reduces with increased rate of descent, 
and impact attenuation system weight in­
creases, a vertical veloci t y should be 
selected that will provide a minimum 
combined systems weight unless impractical 
stroke or reduced reliability dictate 
otherwise . Minimum wei~ht vertical 
landing sys t ems have been t heoretically 
optimized at rates of descent of from 
35 feet per second for parachutes and 
airbags, to 70 feet per second for para­
chutes and retro-rocketsl. Size of indi­
vidual energy absorbers will be affected 
when friction due to horizontal velocity 
introduces unequal loadings . Horizontal 
energy dissipation is simpler to deal 
with than vertical energy dissipation 
since translational friction is all that 
is involved . The vehicle attitude at 
initial contact is important, and in a 



vertical landing system is determined by 
the selected parachute suspension angle. 
Direction of the vehicle should be such 
that the vehicle plane of symmetry coin­
cides with the direction of the wind to 
favor an anti toppling position with ve­
hicle a ttitude. 

Several factors peculiar to the space­
craft need to be integrated into the im­
pact attenuator design . The spacecraft 
shape which is determined principally by 
launch and re-ent ry considerations may 
be of concern in the region of the con­
tact ing and bearing surface. The~~ 
at landing defines another factor in the 
momentum or energy to be overcome. The 
mass distribution and inertia of the ve­
hicle influence the response in mot.ion 
to eccentrically applied forces. The 
position of the center of gravity '-lith 
respect to reacting forces by the energy 
absorbers determines the magnitude of 
overturning or restoring moments that 
may occur. The structural strengtt~ and 
rigidity of the vehicle influence t;he 
attachment point s of the energy absorbers 
and mode of reaction forces which result 
from dynamic application. Adequa te s t owage 
space should be immediately adjacent to 
the operating position of the energy ab­
sorbers with suitable access provided for 
chec k- out and servicing. The envii•onments 
in the stowed area will determine the 
materials to be used. Ease and reliability 
of deployment are of major concern in the 
system design . 

Crew survival based on human tolerance 
to accelerations is the primary puPpose 
of the impact attenuation system, although 
redundant cushioning is provided in the 
structure of the astronaut's couch and 
suspension sys tem. Crew position, direc ­
tion of force, rate of onset and force 
duration must be considered in the design 
and application of energy absorber13. Crew 
participation prior to impact should be 
utilized to assess the landing situation, 
orient the spacecraft, and if po::slble 
maneuver and position spacecraft over the 
best achievable impact site. System de­
sign should consider wind velocity and 
direction, and altitudefor its ef:fect 
on vertical velocity. 

Surface conditions at impact wust be 
carefully considered in the design of the 
impact attenuator system . A requiremen t 
for suitable touchdown on land or wa te r 
presents a wide variety of possibl·e and 
probable situations to a non - controllable 
vertically descending system. A small 
degree of maneuver capability would permit 
avoidance of minor obstacles, a reduction 
of horizontal velocity due to wind, and 
the selection of a clear area of moderate 
to zero slop{. Surface hardness and 
s~oo thness , low sliding friction) as 
stated before , are favorable to horizontal 
runout. Surface roughness (high sliding 
friction) and softness cause greater re ­
sistance to horizontal runout and increase 
pitching moments incucive to toppling. 

Energy Absorbers 

The candidates for working components 
of attenuator systems include a wide va­
riety of energy absorbers: pneumatic bags, 
various forres of fabricated metallic and 
non-metallic honeycomb structures , balsa 
wood, numerous foamed plastics, combinations 
of these materials , hydraulic cylinders, 
pneumatic cylinders, metal deforming devices 
and rocket motors . 

Pneumatic bags have been successfully 
employed as energy absorbers in a number 
of applications including Mercury. Develop­
ment of the airbag technique continues to 
reveal advantages and 1ttproved potential 
efficiencies. These bags are constructed 
of high strength fabric, coated with rub­
ber-like material to create an air tight 
flexible envelope of desired shape. Bags 
are capable of being folded and tightly 
contained in a small and even shallow com­
partment . They are normally deployed and 
inflated during final descent just prior 
to impact . Bags are equipped with exhaust 
orifices which are sealed by burst dia­
phragms designed to rupture at a prese­
lected pressure level as the gas in the 
bag is compressed under impact load ing. 
A typical force versus stroke curve is 
shown in Figure 2 for an airbag using a 
fixed area orifice. The curve shows an 
adiabatic rise until burst of diaphragms 
occurs; then the curve continues upward 
at a reduced rate until the exhaust flow 
matches the compression rate, then falls 
rapidly as vertical velocity is overcome. 
Bag efficiency has been improved slightly 
by the use of simple variable orifices 
which level the pressure curve by retarding 
the escape of air over the latter part of 
the s t roke , A theoretical optimum has 
been determined2 which shows that a properly 
controlled variable area orifice could 
achieve at least a 15 percent improvement 
of efficiency in an airbag. 

Aluminum honeycomb has been used ef­
fectively as an energy absorber. This 
material is available in a range of cell 
sizes and foil thicknesses in different 
alloys, and provides a wide variety of 
crushing strengths for attenuator s tructures. 
This material compressed in the direction 
parallel to the cell axis develops an e~ ­
cellent and uniform resistance force by a 
characteristic buckling and collapsing 
action as crushing progresses. A force 
peak occurs a t the beginning of the stroke 
representing a start of crushing action. 
This peak may be elimina ted by a slight 
precrush or modification in shape of the 
material. Usable crush distance is ap­
proximately 701 of uncrushed hei~h t before 
the characteristic bottorring out force-rise 
starts at the limit of usable stroke for 
the material. Reduced crushing strength 
at loads applied at angles other than 
parallel to the cell axis must be considered 
in the impact attenuator design . 

Honeycombs construc ted of other materi­
als display similar characteristics a t 
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different crushing press ure limits de­
pending upon modulus and density of the 
material. 

Plastic foams provide a generally 
homogeneous structure which perforn:s with 
uniform resistance in all directions . 
Bottom out force rise is a function of the 
density of the foamed structure . Styro­
foam is more effective as an energy ab­
sorber than other foams . Polyurethane, 
which may be foamed in place , is more 
easily adapted to a system. 

Balsa wood is an especially efficient 
energy absorber and behaves in a manner 
similar to honeycomb . Its crushing stress 
changes with angle of force f r om the grain 
direction, and best grades satisfy a 
limited range of crush pressure . Various 
in- between energy absorbing characteristics 
can be achieved by using either foamed 
plastic or balsa wood as filler in the 
honeycomb cells. 

Deformable metal tubes offer another 
efficient means of absorb i ng energy . Such 
a technique lends itse l f to strut arrange­
ments in which the metal tube of known 
flexural characteristics is forced over 
a die which deforms the metal and causes 
flexural failure in a controlled manner . 
Frangible metal tubes have been investi ­
gatedJ for energy absorption performance 
employed in much the same manner and found 
to produce consistent results. Proper 
design can result in close to ideal force 
stroke patterns. 

Pneumatic cylinders provide good 
energy absorption, properly applied in 
landing strut arran0ements . The princi­
ples of control of force and stroke are 
sir1ilar to other mechanisms which employ 
a variable orifice . Hydraulic cylinders, 
oleo- struts and liquid springs commonly 
used in aircraft landing systems may be 
employed if rebound is properly controlled . 

Both solid and liquid propellant 
rocket motors possess t.he high specific 
impulse characteristics required :o ef­
ficiently perforM impact attenuation of 
a spacecraft . Landing ro~ket thrust 
initiation and perforv1ance are not so 
positive as the contact and compression 
:if energy absorbers physically positioned 
between approaching load and land1hg sur­
face. 

_Analysis 

One method of evaluatin~ various 
enervy absorption rr.aterials and devices 
c:,mpares t.heir performance efficiencies 
by relating ,energy capacity to an ideal 
unit represented by a rectangular force­
stroke curve. The area under the curve 
equals the r,equired kinetic energy, dis­
sipated at a maxin.UM allowable force level 
throughout the deceleration stroke . Figure 
3 shows the relative efficiency by area 
ratio for several typical energy absorbers. 
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Such a comparison implies that the material 
or device with the shortest stroke is neces­
sarily the most efficient. Perfol'.'!T,ance ef­
ficiency obtained by this method, althOUFh 
useful where minimum stroke is a c:ritical 
factor, is not suitable for comparative 
evaluation of energy absorbers widely dif­
ferent in nature. 

A more useful evaluatl on corr.es frorr. 
a comparison of materials and dev'.ices based 
on enerry absorbed per pound of absorber 
weight . Such a comparison is shown in 
Figure 4. On the basis of weight, balsa 
wood has t.he greatest energy capac~ity per 
pound of any investigated crushab1e ma­
terial ; nearly double that of the best 
raced aluminum honeycomb. 

An evalt.:.ation on the basis oir ener~y 
absorbed per unit volume of absorber serves 
t,o indicate packageability and light weight 
in overall design . Figure 5 show,s speci­
fically that although the weight efficient 
ite~s generally hold good bulk efficiency, 
two devices , liquid spring and airbag show 
special advantage as to stowed volume. The 
fact that the airba~ is a low pressure 
energy absorber mak~s it suitable for large 
bearing area applications. 

It is apparent that a minimurn weight 
irrpact attenuator system cannot be selected 
based on the preceding evaluation methods 
without a knowledge of the load bearing 
structure of the spacecraft involved, or 
oJ' the environments to which mateirials 
will be exposed . Many efficient absorbers 
are devices which present a high <~oncen­
trated load to the structure, and require 
additional weight in re inforcerr.ent to 
satisfy the impact attenuation function . 
Balsa wood and plastic foarrs detei~iorate 
at high temperature . Other factors which 
will influence the utility , size and weight 
of the irr.pact attenuation subsystE~m will 
show up in the application to a specific 
spacecraft design . 

Applied Techniques 

/J prel irr.inary analysis and dE~slgn 
study aimed at the selection of a most 
suitable impact attenuation subsys t em 
for the Apollo Command Module•::- considered 
a number of techniques . Design was based 
on requirements which affected all methods 
alike . Evaluation on a basis of minimum 
Weip:ht,, minirrum volune, relative Gost, 
reliability and overall sy~te~ co~plexity 
revealed very close con-petition between 
the applied techniques examined. 

Following a review of many mothods, 
only those techniques employing alrbags , 
crushable materials, frangible metal tubes, 
springs with hydraulic struts and retro­
rockets were examined in close detail. 

-::- Results are taken from a study per­
formed for North American Aviation, S&ID 
(Contract No. M2HhJX-40600}) 



The Apollo Command Module presently 
prescribes a state-of-the-art landing 
system consisting of three large para­
chutes in a cluster, supportin~ the space­
craft at 15 degrees toe - down during final 
descent. The impact point will be subject 
to drift due to wind, but direction of the 
vehicle plane, of symmetry may be control­
led to present a most favorable landing 
attitude either on land or water. The 
edge down attitude plus the ability to 
direct the ve,hicle, perrr:its a concentra­
tion of maxilT!um energy absorption in a 
smaller porti.on of the landing structure 
than would be feasible without directional 
control . Space available for stowage of 
the impact attenuation subsystem was 
limited to two inches between heat shield 
and crew compartment , plus reasonable 
volume in an armular space inside the 
maximum diameter. Heai shield removal is 
required before the impact attenuator can 
be deployed. Hence, the shield provides 
deployment force, positioning control, a 
bearing structure and sliding surface for 
taking hori zontal rW1 out . These ad ­
vantages to the landing system are con­
sidered more desirable than the weight 
difference resulting from reduced para­
chute size for the sBJT1e rate of descent 
with out shield , 

An airbag system of six self-inflating 
cylindrical envelopes between crew coJ11-
partment and suspended heat shield also 
included an arrangement of restraint 
cables to control shield deployment and 
lateral mot ion. Bags were designed for 
unequal load!Lng under most severe con­
ditions of low leading edge impact into 
a 15 degree rising ground slope, 

Several strut arrangements were ex ­
amined usinR different devices for energy 
absorption. Weight of the released heat 
shield is used to deploy the system into 
opera ting position . Figure 6 shows three 
types of struts and their manner of energy 
absorption. A cluster of leaf and liquid 
springs prov:l.ded heat shield support and 
lateral restraint in a 4 group strut ar­
rangement. A series of 20 struts employ­
ing the frangible tube around the outer 
edge of the crew compartment represent 
another concept . An arrangement of six 
struts ernplo;9ing alurr.inum honeycomb was 
also considered a likely application. 
All systems were designed to take out the 
total energy in the forward struts, or on 
all struts equally without exceeding al­
lowable acce1eration limits . The deform­
ing devices provided a two-area profile, 
a small area for low force and a larger 
area for hi~~ force in those struts re­
quired to accept extra energy . This two 
stage strut technique properly applied 
wil l automat.ically compensat.e for un­
balance of forces which may be introduced 
by lateral drift, sloping surface or high 
friction . 

Several landing rocket arrangements 
were conside.red, One shown in Figure 7 
in which four s olid propellant motors 

were arranged around the lower periphery 
of the crew compartment employed two tele­
scoping probes to serve as surface distance 
detectors and initiators for the system . 
A principal difficulty associated wi th this 
method is landing distance error, due to 
initiation means , propellant grain temper­
ature variation and accurate rocket igni ­
tion timing. Openings were create,□ through 
the heat shield for rocket thrust and probe 
extension . An error analysis showed that 
by controlling grain temperature a·nd the 
use of an adjustable probe plus blow- out 
thrust alleviators, a sui table impact velo­
city could be achieved. The number of 
series events required resulted in a low 
potential reliability for this teclhnique . 

Shown also in Figure 7 is a new con­
cept by Northrop Ventura in landing rocket 
design which employs a peripheral "skirt 
jet" principle to produce retro thrust 
plus an air cushion between the spacecraft 
and the ground on close approach . Features 
of this method inc lupe better adaptability, 
lighter weigh t and improved reliability . 
The torus form of the combustion chamber 
and continuous circular nozzle may be 
readily supported in the annular space 
around the crew compartment . Heat shield 
removal and a probe initiator or other 
accurate distance sensing device wi ll be 
required as with the four rocket technique . 
Because the peripheral jet generates a 
strong curtain wall and a region of aug­
mented pressure between the vehicle and 
the landing surface, the total rocket im­
pulse is substantially reduced, and very 
little jet thrust is required to arrest 
the vehicle completely on the air cushion 
just before contact . This ac~ion auto­
matically adjusts the effective decele ­
rating impulse to variations in descent 
velocity , rocket burning time, the height 
at whi ch the reaction is initiated and 
other significant variables . 

A weight evaluation of the various 
applied techniques is shown in Fig;ure 8 . 
A minimum weight impact attenuation system 
using a landing rocket is indicated. How­
ever , the low potential reliability of 
either of the two rocket confi~urations 
described would certainly not be acceptable 
for Apollo without extensive develop~ent 
to increase this reliability . Two, of the 
strut techniques and the airbag technique 
are essentially equal in weight va.lue, 
making a selection difficult except on a 
basis other than wei~ht . 

A comparison of the energy capacity 
in absorber material wi th the energy per 
pound of an exa~ple syste~ using tnac 
material, reveals that less than 10 percent 
of the system wei~ht does the war~:. rhis 
would indicate that in the example cited, 
weight penalty for heat shield release, 
restraint suspension, attachment rittings 
and reinforcement of structure is very 
high . Refinement of a design can overcome 
some of this difference in efficiency 
potential. 
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An installation of low pressure 
crushing material in the bottom structure 
would appear to be an alternate technique 
which would not suffer from the high dead 
weight penalty. Were it not for the 
length of deceleration stroke needed, and 
the inherent resistance to crushing in 
the heat shield, such a method would be 
attractive. The addi t ion to the landing 
face of a spacecraft of low density ma­
terial of required stroke depth, seriously 
affects center of gravity position, hence 
aerodynamic ~1tab1li ty , and valuable space 
needed for crew, 

Conclusions 

Some aspec t s of the problem of se­
lecting an impact at tenuation technique 
for manned spacecraft applications have 
been presented herein . The s t udy shows 
that the materials and devices used for 
energy absorption have inherent properties 
which make it possible to predict their 
relative efficiencies in applied sys tems 
without a specific knowledge of the de ­
t ails of the application . 0~ the other 
hand, it is shown that sample impact sub­
systems may become involved with the de­
tail characteristics of the application 
resul t ing in a reduced overall efficiency . 
A principal determinant of the effect pro­
duced by the application is t,e nature 
of the basic structure rela ted to imoact 
load concentration. A similar inter­
action exists between the structure and 
the crew syst,em which wa~ not considered 
here . A method of interrelating these 
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factors in a more exact numerical solution 
is needed which can be useful in evalu­
ating and selecting optimum subsystem com­
ponents . 

There has been no intent here to pre­
sent the complete picture of the final 
aspects of actual selection of an impact 
attenuation system for the Apollo Command 
Module . Examples described were a part 
of a preliminary design study and are used 
only to point out the evolution of selection 
factors . Techniques described, although 
developed for vertical descent systems 
using parachutes in clusters or gliding 
parachutes, are not limited to s tr i ct 
vertical landing applications, but may 
be adapted t o predictable conditions pos­
sible with rotary wing or paraglider flare 
out . With proper design allowance for 
vacuum environment , most of these tech­
niques will provide suitable attenuation 
of the terminal impact phase of a 13pace­
craft making a ver tical landing on the 
moon . 
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EFFECT OF STERILIZATION IN SPACECRAF'l' DESIGN 

Albin M. Nowitzky 
Head, Spacecraft Sterilization Systems 

Lockheed Missiles and Space Company 
Lockheed Aircraft Corporation 

I . INTRODUCTION 

Moder n spacecraft design no longer involves 
only the Engineering Sciences. To get 11 the bugs" 
out of a system must now be taken literally to 
signify erradication of actual free-living micro­
organisms . A severe impact of a non- sterilized 
space vehicle could r esult in overt, reckless con­
tamination, virtuall y e liminating a celestial body 
as a scientific base for the exobiological phases of 
space exploration. 

Recognizing the potentially daJ11aging effects of 
septic launchs, the National Aeronautics and Space 
Administration in December~ 1960 authorized space­
craft sterilization and decontamination as National 
policy, thereby elevating the space effort onto a 
higher scientific plane . In the NASA direct.ive, the 
basic reasons for sterilization were established, 
viz., 

to preserve clues to the origin of 
life, and of the universe, which may 
be hidden beneath the lunar strata 
or umder the atmospheres of strange 
plal1lets, 

to prevent inadverte:it seeding of 
extraterrestrial surfaces by earth­
life, cultures, and 

to protect the earth from lTIUtual con­
tami.nation. 

I n light of the foregoing, spacecraft steri­
lization shcmld be regarded as the most significant 
single missj_on as well as design requirement of 
planetary space exploration - - - especially if our 
objectives are primarily scientific. 

II. STERILIZATION AND THE PLANNED SPACE PROGRAMS 

The pre>jected timetable of u. S , space ex:olo­
ration is illustrated in Figure 1. The missions 
shown, both manned and unmanned, are those which 
would involve sterilization techniques to various 
degrees, depending on the nature of the particular 
mission. Of these projects , the bulk of practical 
experience has been obtained during the current 
Ranger serius of moonshots . 

In the Ranger hard- lunar-impact program, all 
present concepts of the broad spectrum of spacecraft 
sterilization were initially established. Space­
craft and spacecraft compartment designers and manu­
facturers were introduced to the subject, and 
personnel a1; the l aunch site received preliminary 
i ndoctrination. Results of research into the vari­
ous techniques , materials, and apparatus required to 
effect sterilization were impl emented, and Qualified 
Products Lists were initiated. 

Projeci~ Surveyor and Prospector, involving soft 
lunar landings of unmanned scientific equipment, 

will of course benefit immensely from the pioneering 
Ranger experience, The sterilization confidence 
level , discussed later, will be markEidly increased, 
and influence during countdown will be reduced, 

The Mariner and Voyager unmanned planetary fly~ 
bys, with planet-orbit capability, oresent a reason­
able possibility of extraterrestrial imoact, Steri­
lization of this type of spacecraft 'Ls the ref ore 
notably important, and knowledge of ,l nonsterile 
condition constitutes soecial justif:Lcation for an 
automatic hold or flight cancellation , 

Quarantine inspection and asept:Lc retrieval 
procedures, hopefully established thirough unmanned 
probes and samplers before manned-mi:ssion escape 
velocity, will form part of the routine modus oper­
andi of the manned missions as will aseptic personnel 
movement. 

III. RANGER AND THE SCOPE OF STERILI'ZATION 

The Ranger program afforded an advanced oppor­
tunity to establish and investigate the techniques 
required to achieve the ultimately sterile space­
craft . In Figure 2, the scope of these techniques 
is shown. Final sterility depends primarily upon 
precise adherence to previously established standard 
operating procedures, involved in performance of 
each sterilization phase . 

In brief, all components, su b- a.ssemblies, assem­
blies, adhesives, lubricants, sealants, and any other 
constituent of which the complete sp,acecraft is com­
posed, are internally sterilized. T'he internally­
sterilized parts are then aseptically assembled. The 
aseptically- assembled soacecraft is enclosed in a 
sealed spacecraft compartment. Sterilant gas is 
introduced into the sealed compartme,nt 'Which is sub­
sequently purged following a previouLsly-established 
sterilization soak period. Aseptic removal of the 
sterilant gas transfer system is effected and sterile 
conditions mechanically maintained tU'ltil the space­
craft has left the earth atmosphere . 

In the case of Ranger, the spacecraft compart­
ment is the Lockheed Agena nose- cone1 illustrated in 
Figure 3, incorporating special £ill.er valves for 
aseptic introduction arid purge of st;erilant gas, and 
i nstallation and removal of the gas transfer lines. 
Further provided are a biological breather-filter for 
pressure equalization caused by ambJlent themal 
changes during ground handling, and a biologically­
tight, out- only relief valve for venting during boost . 
The valve and filter are installed :Ln a fibre -glass 
diaphragm which together with a special o- rin,E(, seals 
and protects the spacecraft comnartment from atmos­
pheric contamination. 

Before being placed in the sealed comoartment, 
the Ranger spacecraft, manufactured by NASA's Jet 
Propulsion Laboratory, was subjected to aseptic 
final- assembly by JPL personnel. P:revic,iusly, the 
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spacecraft sub- assemblies and components had been 
internally heat- ster ilized or aseptically- assembled, 
t o the best extent possible, as had the impact­
limited capsule furnished by Aeronutronic Division 
of For d. The equip:ment required for aseotic assen.bl ~·, 
shown in Fi gur es ,ti , 5, and 6, is similar to ordinary· 
hospital- type glo·ve-box apoaratus but of course is 
more rttP.Red , designed to sustain rigorous assembly 
operations involving heavy , bulky spacecraft equip­
ment . I n isolated cases, lack of compatibility in­
formation prohibHed orol onged thermal exposure at 
the heat level required for internal sterilization. 
The affected par ta were i nstalled re!!ardless, and 
the level of sterility confidence became orinci­
oall:v a function of natural internal contamination 
during rnanufactur~! arrl efficacy of the surface ter­
minal sterilization, conducted during countdown. 

Sterile conditions were maintained by the com­
bined action of the seal between the Agena nose-cone 
and forward equipment rack, the out- onl y relief 
valve, and the bre,ather- filter . 

Returning tc, Figure 2: to establish standard 
operating procedures for internal sterilization, 
aseotic assembly , terminal surface sterilization and 
sterility maintenance, it was necessary to continu­
ously monitor the effect of each procedure and media 
on the a ssociated material or component . Compati­
bility testing became routine in the Ranger program, 
including all Agena nose- cone materials, and essen­
tially all of the Ranger spacecraft components and 
sub- assemblies . Spacecraft sterilization is a natu­
ral, second generation follow- on of aerospace 
quality assurance , Sterilization compati bility 
assurance is a must for spacecr aft constituents of 
the future and will constitute a basic requirement 
for placement on the qualified products lists estab­
lished for each affected project . 

Integration of terminal surface sterilization 
into the otherwise normal countdown orocedure is no t 
particularly diffkult. When combined with pre­
launch ground coolin~ and other spacecraft condi­
tioning procedures , surface sterilization is con­
ducted with minimwm influence on other mission 
requirements , 

Samnlin~ of 1near and far so ace for base infor­
mation concerning cosmic contamination has thus far 
been ignored in current space program olanning, Such 
valuable informatfon as possibility of ice crystals 
and organic fraction in micrometeorites, and the 
knowledge of bacte:riological debris of panspermia 
outside the sensib1e earth atmosphere has yet to be 
obtained . Such in·~or mation w;iuld serve to establish 
requirements for extraterrestr ial sterilization 
activity as well as providing information of value 
to manned space travel and space medicine . Aseptic 
retrieval of a liinlng, reproducible organism from 
space would be a vital step in determination of the 
origin of life, 

Termin:il Surface Sterilization 

The internally- sterilized soacecraft, having 
been placed in the confines of a seal ed spacecraft 
comoartiient, must be surface sterilized with a 
ger:nicide which mu~.t demonstrate a combination of: 

• oreviously proven lethal sporicidal activity, 
• maximum compa1tibility wit h materials, 

suitability for countdown usage by launch­
site oersonnel. 

25 1 

A mixture which best fulfilled these require­
men ts is the presently established sterilimt, a non­
combustible, blend of the m".>nopropellant ethylene­
oxide and the solvent Freon -12. This ga?1 standard 
was established by the Anny Chemical Coron at Ft. 
Detrick, Maryland and is currently the acc:epted 
mixture for prelaunch usage at AMR. Gasecius surface 
sterilization using the ethylene-oxide bane steri­
lant was systemized as shown in tte flow diagram, 
Figure? . Pressurized, bottled sterilant is 
released through a regulation into a gas generator 
which suppl ies gaseous flow through a humidifying 
group. A required level of humidity. is introduced 
into the gas, with the r esulting end- mixtu~e ana­
lyzed for concentration, temperature, and water­
vapor, and subsequently directed into the nose-cone 
sealed cavity. After a suitable sterilization s oak 
peri od, rreviously estab lished in the biol ogical 
laboratory , the cavity is purged with inert nitrogen 
gas . The nitrogen is passed through a fi1.ter system 
before displacing the sterihnt from the ~,oacecraft 
compartment and into the disoosal system. The dis­
posal consists of a water supply containirlg an acid 
or salt catalyst, which converts the ethy1.ene-oxide / 
freon - 12 mixture into f reon gas and e thylene glycol 
( anti - freeze ) , In Figure 8, the system illustrated 
by the flow diagram in Figure 7 is shown Bis a mobile 
gas t ransfer system, currently in use at C:ape 
Canaveral. Readout consists of sterilant and purge­
gas flow rates ; temperature and pressure i.n the t est 
plenum; and temperature and pressure in tl':e sealed 
comoartment. Gas concentration and relati.ve humid­
ity are monitored by sampling small amounts of gas 
at convenience points in the now cycle. 

A more refined system is envisioned fc,r the 
soft - lunar- landing Surveyor program . Rela,tive 
humidity and gas concentration will be directly 
read on the control panel, and tte e;as cycle will 
include asentic temoerature control combined with 
ore - launch terminal sterilization, illustrated in 
Fip;ure 9 . I/ti lization of such an aoo roach would be 
a ma~or steo in minimizing effect of sterilization 
on the countdown orocedure. 

IV, SPAC~CRAFT DESIGN EFF'F.CTS 

The requirement of sterilization has an effect 
on ordinary spacecraft design philosoohy in five 
major areas as outlined in J?igure 10. 

Product Qualification 

To be truly qualified for use on an ex:trater ­
r e strial spacecraft, components must demonstrate 
compati bility with such liquid wipe-on sterilants 
as ethylenimine, beta- propionolactone and per­
acetic acid . Comoonent performance must r,emain un­
altered after exposure to sterilizing heat loads 
and radiation cycles . Structura.l ma.teria.ls, sur­
face coatings, cements, sealants, am lubricants 
must be capable of withstanding prolonged ,cont act 
with sterilant gases. 

Many hundreds of comoonents and materi.al sam­
ples have been comoatibility- tested by J . P. L. , Fort 
Detrick, Brooks Air Force School of Aerosoace medi­
cine and by industry particioants . Result1s for the 
most part indicate no major problens in product 
qualification for spacecraft use • 

Comoonent Manufacture 

A number of sealed spacecraft oarts, e:roe­
cially hermetical 1.y- sealed electronic comoonents, 



oresent a unique sterilization problem in that they 
may not be capable of sustaining the internally- ster­
ilizing heat or radiation without subsequent mal ­
function . The questions of course arise, 

a - a.re the cornDonents naturally 
c onta1T1inated during manufacture? 

b ~ sLre the materials used in mMu­
facture sufficiently sporicidal 
t,o yield sterile end- orodu: ts? 

c - do normal ma.nufacturi ng heat cycles 
yield sterile end- orodu:: ts? 

d - are the components comoatible with 
cr.emical additives and chanf!'es in 
nanufacturi ng procedures which may 
1·esult in internal sterility? 

Answers to these and other questions are 
or esently being soui>ht under varie>us 0 xistin~ r,ov­
ernment contracts . 

Non- ste:rile comoonents, before being in­
stalled, should be eiti'er subjected to post-manufac­
t ure sterilization techniques, aseptically- assembled, 
or eliminated from the syst1em. 

Vehicle Assembly 

Aseptic final and sub- assembly of ti'e previ­
ously internally- sterili1ed components can be simpli­
fied if maintainability and fabrication sequence are 
considered in light of the sterilization requirement 
early in desi~n . Steos should be taken during i ni­
tial design phases to mininize assembly procedure 
steps . Further, reduction of captive pockets and 
cells, accidental weldments, and enjoininp incase­
ments will naturally enharx:e the tenninal surface 
sterilization phase, thereby increasing the sterility 
confidence level, 

Comnatibility with sterili1ation techniques 
and ir.edia a,1?ain plays an important role in vehicle 
assembly, esoe,cially in areas r equiring sterile seal­
ants and lubri.cants. 

Launch Adaotabili t.v 

The stE!rilization requirement necessitates 
aseptic ground handlin~ and pre - launch conclitioninp; 
in order that the sterile condition, once achieved , 
is maintained.. !\iologically- tight, out- only pressure 
relief must bEi afforded the sealed col'!oartment. Fil­
tration must be orovided to enable thermal breathing 
during ground handlinr, to be accomolished without re­
contamination,. Ground cooling rredia must be intro­
duced throu~h a suitable filter system and possibly 
maintained in a closed , sterile cycle . The oorts for 
installation ;md removal of terminal sterilization 
and purge gas lines must be such that asepsis pre­
vails . 

Crew Accessibilit y 

Desii.n o~ maMed spacecraft l'lUst be such that 
ingress and er.ress tr1U1sfer of persoMel into ard out 
of the command capsule or living quarters can be 
aseptic . l>rocedures for such operations have been 
r outine for years at University of Notre Dane and at 
F't , Detrick Army Chemical Corps headquarters . An 
ideal aonroach apoears to be combine sterilization 
with the escape lock or decomoression lock . Filtra­
tion of course "'ould be intevral with any pressure-
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equalization valve system bet...,een the outside en­
vironment and the entrance lock system. 

With respect to filters and filtration systems 
involved in spacecraft sterilization, t.he screeninl!' 
of all forms of earth life, regardless of infini­
tesimal size, presents an irr.posing task. Referring 
to figure 11, the pore size requirement for abso­
lute filtration could r esult in an excE!ssive filte r 
flow cross- sectional area unless certaln rules are 
followed in selecting the filter, viz • ., 

a - pr e- filter the !lolling med-la , 

b - provide minimum pore- size ,md 
maximwn flow area by combitninP, 
unique packaging technique:s 
with efficient filter materials, 

c - use filter material of hif''hest 
dielectric constant, and o r ovide 
moisture control to mainta:ln the 
electric charpe . 

Worthy of note in Fiv,ure 11 is the existance 
of f ree-living bacteria smaller than manv viruses. 
Tre result is r,ro nounced denendence on a hi Ph l,v re­
liable, highly efficient filter system. 

11• !{Ai'lNED RELATIONSHIPS 

The relationship of sterilization to manned 
soace fliP.ht and manned spacecraft design is far 
more critical than that for the unmanned missions . 
Not only must the new environmen't. be i:,ro tected f r om 
contamination by earth- life, but the reverse ore ­
caution must now be considered . The unknowns are 
i r.deed appreciatively increased . 

Sterilization for manned missiom; deoends to a. 
great extent on r equirements establist.ed hy bio­
medical results obtained from unmanned soace nrobes 
Invol ved are effects on earth- human tJlssue of ex­
posure to unknown life f orms and, of course, the re­
verse effects. 

In the main, however, t he same 11;1meral r eouire­
ments for ster ilization of soace miss:lons and vehi­
cle desirn aoply similarly to manned and uru:1anned 
oro~ams, with ti'e following exceotions: 

a - The living quarters ( com.md 
caosule) is not subject t,~ 
sterilization. 

b - The entrance l ock should in­
coroorate sterilization aooa­
ratus to the extent required 
for aseptic crew and equipment 
transfer . 

c - Compatibility of space-suits, 
man- ope rated sampling equioment, 
and life supoort hardware rr.u'it 
be considered . 

As outlined in Figure 12, in addition to the 
above, important considerati on must c~ afforded 
lo~istics associated ~~th extended oa.rkine orbits, 
for quarantine insoection orecedinl1' s,seotic re­
trieval of manned vehicles , and of course, the as­
sociated unmanned nrobes . 

VI. CONCLUDING R"l-!ARKS 

"'xoer ience on the Raneer oro£ram has borne out 



two important facts which should gover n futur e 
spacecraft design: 

• emphasis should be placed on use 
of maximum number of qualifi ed 
spacecraft components compatible 
with internal sterilization by heat . 

• sterilization should be included as 
a design concept in the earliest 
possible design phase, in order to 
minimize downstream effects , 

The desire to implement such an approach was at 
the heart of the Ranger design philosophy. However, 
being a new requirement, sterilization was imple­
mented mostly after- the- fact , to be emphasized to a 
much greater extent on future programs , The Ranger 
decontamination confidence level; that is, the con­
fidence of obtaining complete sterility, was not 
maximized on the first Ranger lunar impact, since 
some hermetically- sealed components had not been 
checked for contamination before install ation, How­
ever, the level of possible contamination was held 
to a minimum by aseptic assembly, surface terminal 
sterilization and maintenance of the decontamination 
level. 

Although there is a strong inclination to place 
a much higher level of importance on planetary ster­
ilization activ:lty than that related to lunar explo-

UNQMStfl( D 

U.S. SPACE TIMETABLE 

FIGURE l 

ration, it should be noted that clues to the origin 
of life could be hidden beneath the lunar strata 
indigenous or foreign, impregnating what is aop~­
ently, but not positively igneous matter. Reckless 
contamination could destroy these vital secrets or 
render invalid, results of biological samples. ' 

For millions of years, the moon has been a 
vulnerable target in the path of extraterrestrial 
debris; possibly organic, bacterial, and living; al­
most certainly, if existent, in the lyophilized 
state, and therefore, preserved in a state highly 
acclimated to unfavorable environmental extremes. 
If these forms do exist and are in any way dangerous 
or destructive, their early detection would prove 
vital to man's future planetary exploration and to 
the protection of earth from mutual contamination. 

The returning space probe or vehicle, unmanned 
or manned, possibly highly contaminated by exposure 
to exobioloey, should be subjected to quarantine 
parking orbit and biomedical inspection, before be­
ing reentered through the earth atmosphere. Final 
retrieval, in addition, must be an aseptic, biomedi­
call y monitored, and closely controlled operation . 

In conclusion, if our objectives in exoloring 
space are primarily scientific, then we should take 
the scientific approach. If they are not then we 
should still feel obliged to take the app;oach least 
likely to upset the biological balance of life on 
earth. 
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LIQUID PROPELLANT LAUNCH VEHICLES FOR MANNED SPACE FLIGHT 

by 

Wilson B. Schramm 
Chief, Advanced Flight Sys terns Branch 

Propuls i on and Vehicle Engineering Division 
National Aeronautics and Space Administration 

George C. Marshall Space Flight Center 

Introduction 

Launch vehi.cle technology has probably been 
the most controv•ersial aspect of the manned space 
flight program a.s it has developed during the past 
twelve months. This paper is a hopefully coAcise 
exposition of thte present lunar flight system con­
cept, and necess,arily represents the concerted ef­
forts of numerou,s individuals within government and 
ind us try who a re, engaged in the Apollo/ Sa turn pro­
gram, and whose substantial contributions must be 
acknowledged at the outset. 

In the midst of confusing and complex issues, 
we have seen through the year 1961 a period of re­
solution, reassessment and realignment of the 
national goals in space flight. This has been a 
period of great expectations, great impatience, in­
tense debate, and concentrated technical effort . 
The decisions th.at have been made are emerging in 
broad outline in the contract structure. It is my 
purpose here to provide some insight into the 
assessment and decision phase that has led to our 
present position and course of action . 

From the many conceivable lunar mission pro­
files, NASA has selected the rendezvous approach 
for the early Apollo manned lunar flights, based 
on the Saturn C-5 launch vehicle. Evaluation and 
selection of flight systems for lunar missions 
have proved a most intricate and demanding task. 
That which is technically feasible is not neces­
sarily desirable in the broader sense of achieving 
a national objective. One must move far afield in 
systems engineering and operations research to 
associate mission concepts with the means of ac­
complishment for specific tasks within a given 
time frame. Selection of the present mode has been 
made in full recognition that we are stuck with 
these basic decisions for many years to come . 

Lunar Flight Systems 

The C-5 rendezvous approach for early manned 
lunar missions was identified and selected during 
the course of a series of in-house NASA studies 
that culminated in the recent NASA- DOD Golovin 
Commit tee. This concept has withstood the rigors 
of many months of critical examination. Although 
it has only recently been revealed as an integrated 
flight sys tern, the various concepts consolidated in 
this plan existed in 1960, and in prior years. 

Eventual full development of manned space 
flight requires a broad spectrum of mission capa­
bilities extending from early spacecraft qualifi­
cation flights in earth orbit through lunar 
logistics and planetary exploration. The principal 
flight systems considered for the lunar mission are 
indicated in FIG 1, along with mission phases. 

Launch vehicles in three principal performance 
classes are required in sequence. The Saturn C-1 
is aimed at a growth capability of 25,000 lb in 
earth orbit. Th,e initial concept and objective of 
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the booster was to demonstrate operational feasi­
bili ty of clustered engine systems, to which has 
been added the development of large hydrogen­
oxygen upper stage technology . Its principal 
miss ion in the manned space flight program is to 
develop the Apollo spacecraft, The second and 
larger vehicle, Saturn C-5, is aimed at initial 
manned lunar landing capability . The prc,jected 
lunar orbit rendezvous mode provides approximately 
90,000 lb to lunar transfer injection. 1:he earth 
orbit rendezvous mode provides 400,000 lb as­
sembled in earth orbit with a capability to inject 
approximately 150,000 lb to lunar transfer. The 
Saturn C- 5 launch vehicle is utilized in qualifica­
tion of the entire Apollo flight system, projected 
unmanned lunar logistics support, development of 
earth orbital operations technology, devEilopment of 
advanced nuclear propulsion technology, .;md the 
Apollo manned lunar circumnavigation and initial 
manned lunar landing . The Nova is genercLlly con­
ceived to be a direct mode vehicle, having a 
400,000-lb earth orbit capability and a 1.50,000-lb 
injection capability to lunar transfer. Its 
applications include the Apollo lunar exploration 
phases following initial lunar landings, manned 
lunar logistics support of the lunar basE,, and de­
velopment and application of both rendez~•ous and 
nuclear propulsion technology for initial planetary 
exploration. 

In outlining such a program it is oo,ly natural 
to place reliance on the most accessible tech­
nology. Basic elements more or less in hand at the 
outset of this evaluation, which began i~, earnest 
one year ago , included the basic Saturn launch 
vehicle technology as we know it t_oday, a. subs tan­
tial investment in the F-1 engine develop,ment, and 
a substantial investment in hydrogen-oxyg,en upper 
stage technology with the Centaur, the RL-10 
engine, the Douglas S-IV stage, and the J-2 pro­
pulsion system development. At each step in the 
decision-making process, we have moved fo,rward 
from an established position in launch vehicle 
technology. 

To place events in perspective, consider the 
status of the national large launch vehicle program 
one year ago . FIG 2 shows the original Saturn 
building block concept in which the S-IV stage of 
C-1 moves to the third stage of C-2 and a new 
large hydrogen-oxygen stage known as S-11, powered 
by the J - 2 propulsion system, is brought in to 
achieve maximum utilization of the 1.5 M lb thrust 
S-I stage . Indicated orbital capabilities for 
these systems were in the range of 20,000 lb for 
C-1 and 45,000 lb for C-2. The proposed prime 
mission for C-2 at this time was manned lunar cir­
cumnavigation with a forerunner of the Apollo 
spacecraft. 

As illustrated in FIG 3, detailed conceptual 
design of the S·II stage was well underway with a 
260-inch diameter and a propellant load of approxi­
mately 330,000 lb. Concurrently, the J-2 propul­
sion system was being developed, specifically 



tailored to this stage concept. 

Moving out from this base line into an eval­
uation of the lunar program, inves tigation of many 
alternate proposals in this performance class has 
shown conclusively that no newly conceived launch 
vehicle system would likely become available at a 
more rapid pace . The Saturn C- 1 booster, as 
presently conceived, has moved on into the flight 
test phase. FIG 4 graphically depicts SA- 1 at the 
instant of lift-off in its successful first- stage 
test flight in October 1961. The Saturn C- 1 , in 
its growth versions, i s well on the way to becom­
ing the "DC- 3" of manned ear th orbital space 
flight . 

Evaluati.ons of the l unar fl i ght systems sum­
marized in FIG 1 have i ndicated certain general 
fundamentals . It is clear that substantially 
larger flight. systems are necessary; it is a l so 
substantially· true that we cannot reach the moon 
without maste.ring liquid- hydrogen technology, re­
gardless of booster configuration . This tech­
nology paces the program, and is in fact an awe­
some development as those familiar with it can 
readily tes ti.fy . 

Prime Approach 

A very hroad range of possibilities has been 
suggested for launch vehicle configurations to 
accomplish ma.nned lunar missions . In establ ishing 
the present concept, all facets of advanced pro­
pulsion techmology have been examined . The 
booster stage: investigations range from all­
liquid systems, through hybrid liquid-solid sys­
tems , to all- solid systems . Myriad combinations 
of high- energ;y upper stage systems have been 
utilized, eac:h matched in its performance class to 
specific boos:ter stages and mission profiles . 

A starting point for establishing the concept 
is the projec:tion of mission profiles such as 
lunar and earth orbit rendezvous, and the direct 
profile. Mis:sion development projection estab­
lishes performance requirements, and determines 
the essential tasks for each mode and the flight 
sequence and number of flights to qualification. 
Conceptual de,sign of approximately 50 launch 
vehicle sys te,ms was undertaken to match the per­
formanc e requirements . The launch vehicle de­
velopment projection then determines the flight 
sequence and number of flights for stage and ve­
hicle systems qualification . The full mission 
model is then employed to integrate mission and 
vehicle quaU.fica tion programs , to develop a 
master flight plan for each specific launch ve­
hicle configltra tion, in which t he expected flight 
history is p1:ojected on the basis of detailed 
failure modes analysis of the primary propulsion 
and related vehicle subsystems . With detailed 
PERT networkH, operations analysis can proceed, 
incorporating manufacturing and test facilities, 
logistics, funding, schedules for engine stage 
and vehicle development, to assess the total sys­
tem cost and capability on an operational basis 
in achieving the mission objective. Following 
initial screening of likely prospects, the assess­
ment is recycled in greater depth in all areas of 
detailed prelliminary design in the launch vehicle, 
and its primary subsystems, to establish techni­
cal feasibil:Lty and performance capability. Io 
conjunction with operations analysis, the ex­
pected probability of mission success must. be 
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substantiated within expec t~d fundi ng levels and 
within the specified time frame. In s,ucces sive 
iterations we move from the feas ibl e to the desir­
able . 

Many novel proposals offered to accomplish 
ear ly manned l unar miss ions have not '-1i t hstood 
critical examination. In devel opment of the broad 
outline for pr ojec t ed l unar flight sys,tems the con­
tention i s no t primari ly among launch vehicle con­
cepts ; i t i s be tween Nova c l ass direct: f light and 
C-5 class rendezvous modes . Studies indicate that 
whether we use liquid or sol id booster stages i s a 
rel atively minor factor in achieving the des i r ed 
per formance capabili ties . The lar ge s:ol id boost er 
concept has been amply tested, and upcin the mos t 
car eful projections appears deficient as a pr ime 
appr oach. Its main attractiveness is contingent 
upon adoption of Nova concepts . If se►lid motor 
development and facilities concepts are aimed at 
growth capability for Nova c l a ss vehic.les, the 
projected schedules for motor devel opment and stage 
and vehicle integration become incompa.tibl e with 
lunar mission objectives in a C- 5 clas:s vehicle. 

The Nova concept itself has also been ampl y 
tested. 1 t has long been recognized t:ha t it is 
only the log is tic suppor t of a permanE:nt manned 
lunar base, coupl ed with manned planetary ex­
ploration, that demands a booster of this capa­
bility . Onl y i n view of a multibillicin dollar 
national commitment for such a sust.ained and am­
bitious level of manned space flight a,ctivity does 
a decision to undertake Nova c l ass booster develop­
ment early make sense. 

With rendezvous, the Sa t urn C- 5 i.s large 
enough to do the initial mi ssion; with all factors 
considered, it potentially provides the capability 
for the earliest manned lunar circumna,vigation and 
manned lunar landing . The major advances in tech­
nology required for this concept are the develop­
ment of hydrogen- oxygen systems and rEmdezvous 
techniques . This conclusion represents the end 
product of thousands of man- hours of homework and 
the integrated technical judgment of hundreds of 
individuals . Confidence in the validity of this 
approach is high . 

The conceptual phases of the aSSE!ssment and 
decision tasks have been concluded and implemen­
tation of the lunar flight program is well ad­
vanced, as indicated by the commitments represented 
in FIG 5. The Apollo spacecraft sys wm is being 
developed by North American Aviation. The 
Saturn C-1, S- I stage is being developed by 
Chrysler Corporation Missile Division,, and the 
S- IV stage by Douglas Aircraft Company . The 
Saturn C- 5 is being designed and developed with 
Boeing on the S-IC stage, North American on the 
S-II stage, and Douglas on the S- IVB stage which 
also has appl ication into Saturn C- 1 . The C-5 
S- IC stage major assemblies will be fabricated at 
the newly acquired plant in Michoud, Louisiana; 
the S- II stage will be fabricated at Seal Beach; 
and the S- IV and S- IVB stages wil l be fabricated 
at contractor f acilities on the West Coast. C-5 
stages will be tested at MSFC , during the early 
phases of the program, and later at che newl y 
acquired Mississippi Test Facility . 1the entire 
launch vehicle sys tern will be flown from Cape 
Canaveral out of a newly acquired 80,000-acre 
site now being developed . 



Evolution Of C- 5 Concepts 

Exposition of lunar mission profiles with the 
Saturn/Apollo flight system has been ably set 
forth in many previous papers and r ecent publica­
tions. The review of rendezvous modes herein is 
limited to those aspects of the flight system that 
reflect directly in launch vehicle systems engi­
neering, which is approximately to the point of 
lunar transfer injection . 

The present Saturn C-5 launch vehicle concept 
evolved in detail from conceptual design studies 
of the earlier Saturn C-4. Just as the Saturn C- 1 
program started with a well established H- 1 engine 
pr ogram, the advanced Saturn concept starts with 
the F-1 engine depicted in FIG 6 . This F- 1 engine 
is expected to approximately equal in thrust the 
combined output of the eight H-1 engines of the 
present Saturn C-1 booster. Conceptual designs of 
a four-F-1 engi ne booster began at MSFC late in 
1960, u tilizing an expanded version of the four­
J-2 engine S-II stage already in detailed prelimi­
nary design for the earlier C- 2 . This configura­
tion was affectionally known as "Nova Junior" at 
the time , and evolved into the Saturn C-5 concept, 
shown i n FIG 7, concurrently with the development 
of rendezvous concepts for the manned lunar 
mission . 

It is important to note that this l aunch ve­
hicle configuration is not optimized for a 
specific application. Rather it represents a 
careful balance of design choice decisions aimed 
at preserving mission flexibility throughout the 
range of applications in the rendezvous modes . 

Rendezvous is largely a matter of staging 
technique and logistics in its effects on launch 
vehic l e size and development phasing relative to 
the mission profile . The Saturn C-5 is capable of 
two general mission prof iles based on rendezvous 
in lunar orbit and rendezvous in earth orbit . In 
earth orbit mode (EOR), rendezvous defers the 
commitment of men until flight r eadiness in orbit 
is verified; thus it is essentially a fail-safe 
technique . In lunar orbit mode (LOR) man is 
conunitted prior to rendezvous; thus a relatively 
higher degree of exposure is anticipated. 

Rendezvous in earth orbit comes at a price in 
cost, complexity , and performance capability of 
the total launch vehicle system. A r ather trite 
but fundamental equation can be stated as follows: 
2 X C-5 is not equal to Nova. Depreciation to 
approximately 80 per cent of combined vehicle 
escape capability of 2 X C- 5 results from the 
orbital mechanics and weight budgets associated 
with EOR. 

In a very crude illustration, the l ogistics 
of earth orbit rendezvous can be summarized as 
follows : a plush manned lunar mission can be pro­
vided with a flight system based on ten F-1 
engines . Now, this capability can be cut in a 
number of ways : one flight with ten F- l's (a Nova 
class vehicle), two flights with five F-l's, or 
five f l ights with two F-l's . Performance and cost 
optimization indicate the optimum solution to be 
two f l ights with five F-l' s . 

As it is presently conceived , the C- 5 flight 
system has a flexible capability for lunar trans­
fer injection payloads ranging from 90 to 150 , 000 
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lb, depending on the mode selected, and the time 
phasing in which the mission capability is re­
required . 

Two operating modes utilizing earth orbital 
operations with the Saturn C- 5 are illustrated in 
FIG 8. In the tanking mode the tanker is parked 
in orbit with the full load of oxygen required for 
the orbital departure stage. The R-1 and R- 2 
stages plus the Apollo spacecraft system are mated 
and checked out on the ground, and launched as an 
integral unit by the second Saturn C- 5 to the high 
departure orb i t illustrated in FIG 9 . Economics 
of the weight budget are such that the tanker 
represents a full l oad for one C- 5, and the orbit 
launch vehicle with its LOX tank empty represents 
a full load for the second C-5. Following transfer 
of LOX from the tanker to the escape stage of the 
orbit launch vehicle, separation occurs at the 
designated station (FIG 8) in which case all 
equipment assoc iated with rendezvous and propellant 
transfer are left behind in orbit. This arrange­
ment has the obvious advantages of permitting 
staging to occur at lunar transfer injection so 
that the R- 2 lunar braking and landing stage 
r emains sealed until the lunar braking phase is 
initiated. This arrangement also provides the 
minimum orbital staytime for liquid hydrogen in the 
R-1 stage , and permits flexibility in loading be­
cause the liquid oxygen is most easily ballasted 
across the docking interface to equalize the launch 
l oad place on the two C-5 vehicles. 

In the connecting mode, also illustrated in 
FIG 8 , similar maneuvers are executed with the R-1 
escape stage injected to orbit fully fueled . How­
ever, the staging ratio of the lunar transfer in­
jection stage and the lunar braking and landing 
stage cannot be maintained as favorably . The in­
j ection maneuver has the disadvantage that the 
parasitic weight of the docking structure and 
auxiliary maneuvering propulsion systems must be 
carried part way to the transfer velocity, and 
the larger R-2 stage must provide a portion of the 
initial transfer injection. This stage thus 
arrives at the lunar braking maneuver with partial­
ly expended tanks and a used propulsion system 
having unpredictable leak.age . In this mode an 
additional restart of the propulsion system is re­
quired on the braking and terminal stage, and the 
expected reliability deteriorates . Our present 
attention is focused on the tanking mode . The C- 5 
l aunch vehicle configurations employed in the 
tanking mode are illustrated in FIG 10. The C-5 
launch vehicle configuration utilized here as a 
two- stage orbital carrier has an approximately 
equal payload for the unmanned first launch and the 
manned second launch . 

As mentioned previously, the Saturn C-5 launch 
vehicle system is not an optimized system. The 
S- IC and S-II stages are basically designed for 
maximum orbital capability without sacrifice of the 
many other requirements placed on the design. 
Propel lant optimization of the S-II stage is a com­
promise between the full five-engine bur ning case 
and the engine- out optimization. In the three­
stage- escape configuration illustrated in FIG 7, 
design studies were undertaken specifically to 
assess constraints and compromises in stage con­
figuration and vehicle performance associated wit h 
application of the "building block" S-IVB stage, 
which is utilized as an escape stage on C- 5, an 
orbit launch stage for the tanking mode, and as a 
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second stage of the C- 1 launch vehicle system . In 
all cases, designs were made for the maximum 
flight loads encountered in the limit loads case, 
e.g., the S-IVB when flown on Saturn C- 1 is de­
signed structurally to acconnnodate the three- stage­
escape trajectory flight loads in the C-5 appli­
cation. The S-II tankage is sized for the two­
stage- orbit mission, and designed structurally for 
a three- stage- escape mission which imposes the 
highest aerodynamic and structural loads . The 
S-IC stage is designed substantially by ground 
windl oad and longitudinal accelerations, in­
cluding the rebound dynamic loads in the tail 
section associated with approximately a three­
second holddown during the F- 1 engine ignition 
period . Alternate missions with the Saturn C- 5 
are flown off- loadeci as required, with consequent 
performAnce deterioration. But with careful de­
sign choices, payload penalties can be limited to 
about one to three thousand lb in escape missions, 
which is acceptable in the interest of retaining 
mission flexibility without altering the basic 
stage geometries . 

To summarize the C- 5 applications, this 
launch vehicle is conceived as a flexible system 
to accomplish, in a two- stage orbit configuration, 
either of the earth orbit rendezvous modes illus­
trated; or in a three-stage escape configuration 
to acconnnodate the manned lunar orbit rendezvous 
mode as well as direct lunar logistics support; 
or in a two- stage escape configuration to acconuno­
date the early Apollo lunar circumnavigation 
flights; or as a two-stage booster, to accommodate 
the NERVA nuclear third stage for escape missions; 
and to provide in the S- IVB a "building block" 
upper stage for the present Saturn S-I in the C-1 
program. 

To complete the picture of the Saturn C- 5 as 
a basic launch vehicle, the booster stage, shown 
in FIG 11, will be approximately 140 feet long, 
33 feet in diameter, and powered by five F-1 
engines, using liquid oxygen and RP-1 fuel as pro­
pellants to deliver a sea level thrust of about 
7,500,000 lb. The propellant containers will have 
a combined capacity of about 4,600,000 lb . 

The basic propel lant container design will 
feature a cylindrical structure that has separate 
bulkheads for the propellant containers, with the 
liquid oxygen tank forward and the RP- 1 tank aft. 
Each container will have slosh suppression de­
vices . The launcher holddown l oads are distri­
buted to the thrust structure by the launcher, or 
holddown, posts . Thrust loads introduced by the 
center engine are carried out to the ring frame 
of the thrust structure by a crossbeam system . 

The four outboard engines are to be mounted 
on a diameter of 364 inches with an aerodynamic 
fairing located over each . Thrust l oads are 
sheared out by four vertical posts over the en­
gines . A separate liquid oxygen suction line, 
connecting each engine to the liquid oxygen con­
tainer, will run through insulated tunnels in the 
fuel container, Two fuel suction lines connect 
each engine to the fuel container. Fuel contain­
er pressurization will be accomplished with 
helium. Gaseous OA-ygen generated in the engine 
mounted heat exchangers may be used for pressuriz­
ing the liquid oxygen tank; however, this scheme 
may be replaced by a helium system similar to 
that used by the fuel tanks, if weight and 
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reliability advantages are realized . Engine gim­
baling for f l ight control is accomplished by double­
acting piston gimbal ac t uat ors using the RP- 1 fuel, 
bled from the high pressure propellant feed system, 
as the hydraulic fluid . A stagger ed engine start 
and shutdown sequence is to be used. 

The S- II stage , i l lustra t ed i n FIG 12, will be 
approximately 80 feet l ong, 33 feet in diameter, 
and equipped with five J - 2 r ocket engines that 
operate on liquid oxygen and liquid hydrogen . The 
five engines will develop a total t hrust of about 
1,000,000 lb , Four of the engines will be mounted 
on a diameter of 210 inches, with the fifth engine 
mounted in the center of the conical thrust struc­
ture . The propellant containers will be designed 
for a capacity of about 900,000 lb. 

The basic propel lant tank structure is of a 
conventional semimonocoque design with a connnon, 
insulated, doubl e walled bulkhead separating the 
liquid oxygen container from the liquid hydrogen 
container . The liquid hydrogen, as shown, is to 
be l ocated above the liquid oxygen . 

Control of the S- II stage will be achieved by 
gimbaling the four outboar d engines . The center 
engine will be fixed . All five engines will be 
aligned parallel to the centerl ine of the vehicle. 

The S- IVB stage employs similar technology to 
the S-II except for certain accommodations for 
adaptation to orbital l aunch operations . The pro­
pellant container design will be cylindrical with 
a diameter of 220 inches, with propellant capacity 
of approximately 230 , 000 lb . As in the S- II stage, 
a connnon insulated, double walled bulkhead will 
separate the propellant containers . The liquid 
hydrogen is above the liquid oxygen. This stage 
is conceived to be equipped with a singl e J - 2 
engine . 

Operational Considerations 

Returning again to the broad outline of pro­
jected lunar flight systems summarized in FIG 1, 
it has been shown that the principal dependence 
for the early manned lunar landing attempts is 
placed on the Saturn C- 5/Apollo system. It appears 
likely that there will be substantial pressure to 
fly operationally ear ly in the vehicle R&D program, 
which places a premium on the initial reliability 
growth history rather than the inherent or oper­
ational probability of mission success. The 
launched cost of these very large systems is in­
deed substantial and it is obvious that oppor­
tunities to fly will necessarily be limited by the 
available dollars, facilities, and launch crews . 
Also as vehicle capability moves into the 100- ton 
range, it is obvious that the investment com­
mitted in spacecraft systems and upper stages with 
each launch is tremendous even when a substantial 
portion of this weight is represented by pro­
pellants available in orbit . 

The desire for high probability of missi on 
success is evident. Very general statements have 
been made to the effect that "new design 
philosophy" must be adopted to achieve an order of 
magnitude increase in stage and subsystems re­
liability . Realistically, we are stuck with the 
technology rather as it exists today . The basic 
items of propulsion, structure and flight control 
that will be utilized in the first manned lunar 



landing attempc are in hand. Figuratively speak­
ing, the keel has been laid. In the area of pro­
pulsion, H-1 engine experience can be extrapolated 
but it is doubtful that this much experience can 
be gained on F-1 and J-2 engines prior to the 
point of commitment. Major portions of the engine 
system hardware, such as the F-1 prevalves, are 
being exercised on the test stands today, and 
vital items of this nature are not going to look 
much different when the C-5 first flies. 

The flight history of past programs based on 
ballistic missile practice is hopefully not 
typical of expectations for the man-rated ad­
vanced flight systems utilized in the lunar land­
ing program. Recent experience with Minuteman, 
Titan II, and Saturn C-1 offers encouragement 
that technology is improving more rapidly than 
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the complexity of the flight systems . Holding on 
to these gains necessitates a rather conservative 
design phil osophy for manned flight systems, 
leading hopefully to an. inherently high tolerance 
for malfunctions, and a high confidence of early 
success. It is felt that the present Saturn C-5 
concept represents a very substantial advance in 
launch vehicle technology that will stretch both 
our capabilities and our courage to accomplish . 
To place this development in perspective, FIG 13 
presents a comparison of the present state-of-the­
art in Mercury-Atlas with projections for Apollo 
flight systems. The intermediate launch vehicle 
is the Saturn C-1 configuration utilized for the 
Apollo earth orbital spacecraft qualification . 
The large model represents our present concept of 
Lhe Saturn C-5. It appears that a suhstantial 
task lies ahead to achieve manned lunar landing 
within this decade. 

FIGURE 3 
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SOLID PROPELLANT BOOSTERS FOR MANNED SPACE FLIGHT 

Colonel Langdon F. Ayres 
Director, Large Solid Motor Progr8Jli 

Space Systems Division 
Air Force Systems Command 

Introduction 

Within the past year, large solid propellant 
rocket motors have become very prominent in dis­
cussions of possible launch vehicles for manned 
space flight . This is partly due to active 
promotion by the solid propellant rocket industry. 
The role that large solid rockets may play in 
space launching vehicles is also indicated, 
however, by the results of numerous analyses and 
vehicle studies that have been made in the past 
two years by government and other unbiased 
agencies. The promise of the large solid rocket 
motor has been further substantiated by major 
development accomplishments which have been 
achieved in the past year. 

The purpose of this paper is to review some 
of the reasons for the dramatic entry of large 
solid propellant boosters into the manned space 
flight field, to assess their present position, 
and to discuss some areas where need for further 
work is indicated . 

It is an historical fact that in many 
engineering developments all of the basic tech­
nology on which a developnent rested was avail­
able for a considerable time before recognition 
of both capability and need stimulated the 
developnent of useful products . A comprehensive 
study has been made of the circumstances wherein 
turbojet engine development occurred simultane­
ously (and independently) in both England and 
Germany in the early part of World War II but 
not in the United States1 . The necessary state­
of- the-art in metallurgy, fluid mechanics, and 
machine design seems to have been present about 
equally in all three countries . There are 
numerous other developments, on the other hand, 
where the desirability of creating something 
could be fairly well established on the basis of 
induction from theoretical principles, but a 
breakthrough was required in some branch of 
technology before the dream could become a 
practical reality . The idea of using nuclear 
rocket propulsion for large space vehicles has 
probably received serious study for a longer 
period than large solid rockets have, but the 
road ahead for the nuclear rocket is still long 
and arduous. With these thoughts in mind, it is 
interesting to regard the situation in the large 
solid propellant rocket and space launch vehicle 
fields in the recent past. 

General Characteristics of Solid Rockets 
As They Relate To 

Space Launch Vehicle Reauirements 

The purpose of the primary propulsion system 
in any launching vehicle stage is to impart a 
velocity gain to the vehicle. TheYefore, the 
relative merits of propulsion systems are 
usually judged on the basis of minimizing 
vehicle gross weight or cost for a given velocity 

increment . Other factors including reliability, 
safety and servicing requirements may be consider­
ed in the selection . Finally, the flexibility of 
design afforded by a particular type of propulsion 
system may influence its selection . For example, 
constraints on the vehicle flight path such as 
maximum acceleration and dynamic pressure may be 
more compatible with one type of propulsion system 
than another . 
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Consider first the ability of a propulsion 
system to impart velocity . The magnitude of this 
velocity gain for a simplified vertical traject­
ory (neglecting atmospheric drag) is given by the 
following equation : 

where 

g 

= I ln f __ l __ 
sp 1 - 71.p 

- gravitational acc~leration at earth's 
surface. (ft/sec ) 

- gravitational acceleration avera~ed 
over powered trajectory . (ft/sec ) 

specific impulse (lbf - sec) 
(lbm) 

l\ -p propellant mass fraction 

tb - time of burning (sec) 

It is obvious that specific impulse and mass 
fraction are of direct concern . The history of 
the improvement of specific impulse of solid 
propellants is shown in Figure 1. Steady improve­
ments have been made with the development of more 
energetic fuel binders . Improvements in fuel 
binder physical properties have also made higher 
oxidizer content and more nearly stoichiometric 
oxidizer tc fuel mixture ratios practical. The 
largest single increase in Isp of solid propel­
lants in recent years, however, has come about 
through the introduction of the aluminized pro­
pellants about 1955. Presently available, well 
proven propellants deliver approximately 245 sec 
Isp at standard conditions of comparison (1000 
psi . Pc expanded to S .L . pressure). When oper­
ated at chamber pressures optimized for overall 
system design and with nozzle expansion ratios 
likewise near optimum from a system design stand­
point, delivered Isp of 230 sec . at sea level 
and 261 sec . at altitude have been available for 
several years . 

Along with increase in Isp has cane a steady 
improvement in propellant physical properties. 
Tensile strength of 150 psi . is comm0nly obtained 
in propellants of 245 sec . Isp against a value 
of about 8o to 100 psi. 7 years ago . Even 
greater improvements have come about in reducing 
the temperature coefficient of tensile strength . 



Elastic modulus has been reduced, and up to 301, 
elongation is possible over a wide temperature 
range. Advancements in stress analysis methods 
and laboratory tests devised to evaluate the 
most significant physical properties of propel­
lants have given designers the ability to pro­
ceed beyond previous limits with greater assur­
ance • A program is now under way to conduct a 
thermal grain structural analysis for the purpose 
of determining environmental limitations and 
modes of failure of large propellant grains. 
Suitable experiments will be conducted to confirm 
the theoretical studies and the analysis methods 
will be reduced to engineering practice. 

Considering next the problem of obtaining 
favorable mass fraction, some significant 
advancements have been made in recent years in 
reducing the weight of inert parts. For cases, 
both steel and fibreglass have afforded nbout 
equal gains and remain competitive with titanium 
also in the picture. When reviewing developments 
in this field, it is well to keep in mind that 
for years the primary application of solid pro­
pellants was to JATO and armament type rockets, 
so little stimulus existed to strive for improv­
ed mass fraction in large size motors. The solu­
tion of other problems such as TVC and thrust 
termination opened the way to the application of 
solid rockets to ballistic missiles, creating 
the immediate need for mass fractions of about 
o.86 or better. This need was met satisfactor­
ily in a variety of ways. In the Minuteman pro­
gram, the Stage I engine has a case fabricated 
from ring forged and machined components of D 6 
AC alloy (without longitudinal welds) treated to 
an ultimate tensile strength of 215,000 psi. 
The second stage engine is now being produced in 
titanium alloy, 6 Al 4 v. The third stage engine 
has a fibreglass wrapped case. Case designs do 
not tell the whole story, of course, as the four 
movable nozzles, thrust termination devices, 
etc., are also involved on Minuteman. Forcer­
tain final stage applications, very efficient 
rocket and case designs have been produced hav­
ing a mass fraction exceeding 0.95. It is thus 
evident that very favorable mass fractions can 
be obtained in solid propellant rockets, at 
least for selected applications. Examination of 
the possibility of application of large solid 
motors to space launch vehicles must, therefore, 
seek to establish what the trend of mass fraction 
will be as sizes grow lareer. Increasing 
vehicle size generally makes possible more favor­
able mass fraction in pump fed liquid propellant 
rocket vehicles. 

Consider a solid rocket motor as shown in 
Figure 2. Assume for the purpose of this anal­
ysis that as the size of the motor is varied, 
the following are held constant: L/D, Pc, case 
stress level, grain configuration, and web 
fraction. 

Mass Wprop 
fraction= Wease+ Winsul + Wnozzle + Wprop 

To determine the probable influence.of size on 
mass fraction, an approximation of how each of 
the terms is likely to vary with size can be 
made: 
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Wprop = Ki (D3) under the assumption of 
constant L/D and web fraction. 

Taking into consideration the influence of motor 
diameter on case wall thickness 

Since the insulation over most of the inside 
surface of the case is exposed to the flame only 
at the moment of propellant burnout, the required 
thickness can be considered to be relatively 
independent of'size. The weight required will 
then be a function of the surface area to be pro­
tected, or 

The area of the nozzle throat must be proportion­
al to the area of propellant burning surface if 
the assumption of constant Pc is to be maintained. 
The weight of the structural parts of the nozzle 
may be expected to vary with diameter in approx­
imately the same manner as the case does. The 
weight of throat inserts and parts exposed to 
high temperature gases will be dependent upon 
the duration of exposure. As will be seen later, 
the duration is likely to become longer as size 
increases, so it seems reasonable to assume as a 
first approximation that the thickness of non­
structural heat resistant parts will also vary 
about as the cube or·the diameter. 

Roughly, then for the assumed relationships 

Mass 
fraction= K1 (n3) 

½ (D3) + K3 (D2) + K4 (D3) + Ki (D3) 

K 

In a typical rocket in the 100-inch class the 
value of the constants in the above equation 
are approximately 

K1 = 0,190 lbm/in3 

½ = 0.015 lbm/in3 

K3 = o.470 lbm/in2 

KJi. = 0.003 lbm/in3 

So that for the type of rocket pictured in Fig­
ure 2 the mass fraction may be expected to vary 
with diameter according to the relationship 

Mass 
fraction= 0.190 

0.208 + o.470 
D 

This trend is illustrated on the curve in Figure 
3. It is obvious that for a given state of art 
in case material, charge design, and nozzle 
technology, little improvement in mass fraction 
will be associated with increased size. This 



observation i~nores, of course, the influence 
that opti.mizin,g other parameters such as p may 
have on mass fraction. Requirements for ;,.&di­
tional :inert b.ardware peculiar to a given system, 
such as thrust termination ports, skirts, etc., 
usually result in actual mass fractions slightly 
lower than shown in Figure 3. 

The burnil:1g rate of propellants otherwise 
suitable for l1'll'ge rockets may be rather readily 
varied .f'ran ab,:,ut O. 3 in/ sec . to about O. 7 in/ 
sec. by change,s in oxidizer grind, use of 
catalysts, and other techniques. 

The const:raiots on web thickness as a func­
tion of diamet,~r are grain stresses and erosive 
burning as the port becomes too small. A small 
port area is di~sirable to achieve high volu­
metric loading. Typical practice limits the web 
thickness to about 55~ of the radius. The 
approximate rw1ge of durations readily obtainable 
in rockets of :rrom 100" to 300" diameter is 
shown in the shaded zone of Figure 4. This 
fairly well brackets the burning times most 
frequently required for individual stages in 
multi stage vehicles. 

In some recent rocket motor developments, 
notably Minuteman, nozzle development became a 
major problem. The circumstances of this prob­
lem must be exH.mined to see if the nozzle may 
become a major obstacle to further exploitation 
of large solid rockei;s. 

The development problems with Minuteman 
nozzles stemmed from two requirements. These 
were an essent:lally non-eroding throat to 
maintain almost constant chamber pressure and 
motor performa!lce, and a swiveled nozzle for 
thrust vector control (TVC). The requirement 
for a non-erod:lng throat was met through use of 
tungsten or tungsten alloy throat inserts. These 
refactory metal throats easily provided the 
necessary erosjlon resistMce, but the retention 
of the throat Jlnserts in the surrounding graph­
ite parts proved troublesome. This difficulty 
was partly related to the requirements to swivel 
the nozzle. The geometry of the movable joint 
limited both the space available and the path 
through which the loads could be taken out. The 
other part of the swiveling problem was asso­
ciated with sealing the joint against gas leak­
age while keepl.ng actuating torques to accept­
able limits, arid protecting the seal from the 
hot gases. 

The advent of fluid injection TVC, where 
used, will obvi.ate the need for movable nozzles. 
This is fortuitous for as nozzles become larger, 
it might be expected that increasing difficulty 
would be encountered in maintaining satisfactory 
seals. "O'' Rings have proven satisfactory in 
present applics,tions but the close control of 
tolerances necE·ssary to insure proper compression 
might be more d.ifficult to achieve, and the 
thermal expansi.on over the diameter would be 
more difficult to cope with. 

If it coul.d be assumed that the rate of 
ablative type materials is constant for a given 
gas temperature and velocity, the percentage 
increase in nozzle throat area with time is 
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approximately inversely proportional to the 
throat diameter, i .e . , the larger the triroat, the 
smaller the fractional area increase. 1'he suc­
cess achieved with large nozzles to date: indi­
cates that Mother f actor working in f av·or of the 
larger sizes may be a thickening of the boundary 
layer as the exposed surface is extended. in the 
direction of flow, thus effectively reducing the 
ablation rate at the throat . 

One of the development hazards in liquid 
rocket development has been combustion i.nstabil­
i ty. Analysis of the causes and conditions under 
which combustion instability will occur has not 
led to successful techniques for scaling satis­
factory small chamber designs to large s,ize . 
Baffled injectors presently are the only satis­
factory way of preventing the propagation of 
combustion disturbances leading to stand.ing waves 
of destructive amplitude. Combustion vibration 
has been encountered in small solid motors in the 
past, but since the advent of aluminized. compos­
ite propellants instances of combustion vibration 
have not been reported with this type propellant. 
Initial tests of large motors have not indicated 
the presence of any problems. 

Summing up what might be reasonable to 
expect of solid propellant motors scaled. to very 
large size using todays component technology, 
we see a specific impulse of about 245 sec. in 
the propellant, a mass f'raction not significantly 
different than that being obtained in tcday's 
test motors, burning times tending to want to get 
longer as sizes get larger, this tendency not 
posing a critical problem in nozzle design. 
There appear to be no fundamental problems attend­
ant to large size. 

The facts on which this assessment rest have 
been in existence or ascertainable for several 
years, with the exception of fluid injection TVC 1 
which has been reduced to practice only recently. 
The development of very large solid moto,rs then 
awaited acceptance of feasibility engendered by 
successful conclusion of development of Minuteman 
and Polaris size motors, or the indication of a 
requirement, or both . 

Let us turn next to the question of where 
such rocket motors might be useful. 

Results of Launch Vehicle Analyses 

Since 1957, scores of studies have been 
made of space launch vehicle possibilities. 
Every study has its particular objective. The 
objective may be to find an expedient way of 
l aunching a certain payload at the earliest 
possible time; a study may seek to show the 
variety of uses possible for an existing system; 
it may show attractive applications for a parti­
cular type of equip:nent. Many studies have 
endeavored to establish a relation between the 
probable trend of future requirements and the 
expected advancements in the state-of- the-art, 
with the view toward identifying the direction 
toward which new develop:nents should be pushed. 
The Air Force Space Systems Division and its 
closely associated contractor, the Aerospace 
Corporation, have made many such studies, 



Among the SSD/Aerospace studies pertinent to 
the present subject was a study -- or really a 
related series of studies -- begun by the Space 
Technology Laboratories in early 1960 and recent ­
ly concluded b;f the Aerospace Corporistion. This 
effort is known as the Phoenix Study'. It was 
undertaken as the result of a review of the 
course of even-ts in aeronautics and science over 
the last 60 years in broad historical perspective, 
to seek the answer to what really needs to be 
done to make s·pace travel -- particularly 
military space operations -- more practical . The 
answer seemed to be that the cost of putting 
objects into space needs to be reduced by one or 
two orders of magnitude, in terms of dollars per 
pound of payload. The purpose of the Phoenix 
Study, therefo.re, was to explore possible ways 
of accomplishing this objective. Much of the 
\/Ork is Just now being f'ormally reported, and 
undoubtedly many of the interesting aspects will 
be published in the future by the various 
authors. Sui'fice here to sUllllllariza a few con­
clusions significant to the use of solid pro­
pellant rockets in manned space vehicles . 

The relative cost effectiveness of liquid 
and solid propellant multi-stage vehicles is 
sh™n in Figure 5. The position and shape of' 
the curves have been exaggerated slightly to 
clarify the trends. A single solid propulsion 
stage is simple, reliable, readily serviced, and 
is indicated to be the lowest cost method for low 
velocities. For a given state-of-the-art in 
propellants (Isp) and motor design (mass f raction) 
a glance back at the equation for velocity gain 
and the discussion of the influence of size on 
mass fraction shovs that there is an upper limit 
to the velocity obtainable with a single stage 
no matter how large the size (and, therefore, 
cost}. Use of additional stages has the effect 
of i ncreasing the mass fraction so that higher 
veloci c.ies car., be achieved, but the vehicle 
size (and henc,e cost) to lawich a pound of pay­
load still bec·omes eno.nnous at velocity 
increments of practical interest. The oxygen­
hydrogen stage· cost effectiveness is shaped by 
the same cons i.derations, differing in degree . 
The complexity of Lhe system is the main factor 
underlying the est1J!late of sanewhat higher cost 
effectiveness for stages (or multistage vehicles) 
where 10\/ total velocity gains are required. 
The considerable spread in cost effectivensss at 
higher velocities is attributable almost entire ­
ly to the superior specific impulse of the 
oxygen-hydrogE!n combination. 

The trends illustrated in Figure 5 led to 
consideration of the possibility of employing 
both types of stages in the same vehicle . When 
parametric studies were made of optimum staging 
ratios to min:lrnize gross weight, it was f ound 
that when the perfonnance of the first stage is 
appreciably lower than the upper stages, the 
highest value of payload ratio is obtainea in a 
three stage vehicle at a first stage ratio of 
1.0, that is, the first stage disappears and 
the vehicle becomes a high pe~fonnance vehicle 
of two stages. For two stage liquid and solid 
combinations the maximum payload ratio occurs 
at a first stage ratio of about 1. 5. These 
trends are iLLustrated in Figuce 6. 
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When a cost analysis was made it indicated 
that the most favorable first stage ratio for a 
two stage vehicle occurs at about 2.0, when the 
ratio of cost per pound of the first stage is half 
the cost per pound of the second stage . For the 
three stage case, it was found that a pref'erred 
first stage ratio does exist when the vehicle 
stage ratios are optimized on a cost effectiveness 
basis. This ratio is around 2.0 also. These 
trends are illustrated in Figure 7-

The conclusions of these studies were that 
two and three stage solid and liquid "hy·brid" 
vehicles have optimum stage proportions result­
ing in minimum costs. These stage propc,rtions 
for minimum cost differ from the stage propor­
tions for best performance, sometimes signifi­
cantly . Costs for the cost optimum two stage 
vehicle were estimated to be lower than costs for 
the all-liquid t\/O- stage vehicle. 

While the studies Just mentioned show that 
solid motors of themselves do not provide the 
order of magnitude cost reductions sought, they 
do give one indication of the potential useful­
ness of large solid motors for space launch 
vehicles. Other factors which could significantly 
influence the choice of propulsion systE~s to put 
into developnent are developnent time, clesire to 
provide alternate approaches in areas o1~ develop­
ment risk, and the way proposed motors ()r stages 
fit into some larger scheme of things a!l space 
"building blocks. " 

Present Program on Large Solid Rockets 

The present program on large solid rockets 
is the outgrowth of feasibility experim«mts 
initiated two years ago and the more recent 
recognition of possible requirements. 

Following its established policy o:f pursuing 
applied research, technical d.evelopnent and 
feasibility demonstrations in fields wh•~re mili ­
tary usage of the results of such work ,are fore­
seeable but sometimes speculative, the Air Force 
began the study of larger solid propell,9.Ilt 
rockets as soon as the feasibility of' the size 
rocket used in the Minuteman first stag,e was 
accepted as a reality . First recommendations 
for experiments in the million pound thr ust class 
were made in late 1957 . Proposals were obtained 
from industry for the demonstration of a 20 mil­
lion lb. -sec. motor in December 58. After much 
review of the principal requirements of the 
specif'ication and various possible program plans, 
a contract for a feasibility demonstration pro­
gram on 100" diameter segmented motors was 
awarded the Aerojet-General Corporation in July 
1960. The first firing of a single center seg­
ment motor delivering over 400,000 lbs. thrust 
for nearly 50 sec . took place in June 1961. The 
test was successful in every respect. The 
original program plan called for demonstration of 
additional one segment motors, but after the suc­
cess of the first test, it was decided to pro­
ceed directly to a two segment motor, which was 
successfully fired on 29 August 1961. This motor 
delivered about 44o,ooo lbs. of thrust and 
operated over 60 sec. 



In the spring of 1961 inquiries into ways 
of augmenting the nation's space effort by an ad­
visory committee appointed by the President 
afforded the solid rocket industry the opportunity 
to present the case for the large solid rocket 
booster. The necessary impetus was given by the 
President's Special Message to Congress on 25 May 
1961 in which he urged a greatly expanded space 
program, one objective being to attempt to put 
a man on the moon in this decade. Noting that 
much larger rocket boosters would be required, 
the President recommended that both liquid and 
solid approaches be taken. Acting on this 
recommendation, the Congress appropriated $50 
million in FY 62 to support .\he solid motor 
development effort. · 

By agreement between the Secretary of 
Defense and the Administrator of the NASA, the 
Air Force was assigned responsibility for the 
program. Planning commenced immediately to 
organize and conduct the program on a high 
priority basis. 

When it became apparent in mid-summer 1961 
that the detailed and exhaustive studies which 
were necessary to define explicit space launch­
ing vehicle requirements would consume several 
months, during which no specification would be 
possible of the requirements for large solid 
motors, the Air Force recommended that the 
existing technology progrrun be immediately 
expanded and diversified to provide as substan­
tial a base as possible on which to build when 
the launch vehicle requirements crystallized. 
This recommendation was followed. 

The most urgent need w~s for more firings 
of large size motors to further prove out basic 
design practice. Additionally, development work 
was needed on various components and materials 
to explore alternative design approaches. Promi­
nent in this area were nozzle design techniques 
and materials, A very substantial effort was 
needed to investigate fluid injection thrust 
vector control as applied to large size motors. 

The bulk of the work was undertaken by three 
companies who had large motor case hardware 
available-or in an advanced stage of fabrication. 
These firms were Aerojet-General Corporation, 
The United Technology Corporation, and the 
Lockheed Propulsion Company (then Grand Central 
Rocket). 

The United Technology Corporation (UTC) 
began privately financed work on large solid 
motors in the summer of 1960. Some NASA support 
was obtained and a one segment tapered motor, 
96" in diameter at the largest end, was fired in 
August 1961. It was highly successful. A sec­
ond motor containing two center segments was 
successfully fired in December, this firing 
being partially financed under the Air Force's 
expanded technology program (See Figure 8). 
Preparations are currently being made by UTC to 
fire two single segment motors on which will be 
performed a variety of TVC experiments. Differ­
ent nozzle materials and ignition techniques 
will be investigated also. The program at UTC 
will culminate in July 1962 with the firing of a 
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two segment motor which will incorporate the more 
promising results of the current work. 

The original Aerojet feasibility demonstra­
tion program was modified and expanded under the 
present technology program. The earlier firings 
had been so successful that it was decided to 
modify the three segment motor to provide the 
longer burning time and regressivity which were 
emerging as requirements for booster motors. The 
3-segment firing was made on February 17, 1962. 
It burned for about 90 seconds, produced a maxi­
mum thrust of slightly over 600,000 pounds, and 
incorporated a TVC experiment, Again, it was 
highly successful, This motor is pictured in 
Figure 9 and the firing is shown in Figure 10, 
The AeroJet 100" technology program will be can­
pleted in June with the firing of a 5-segment 
motor containing over 300,000 pounds of propellant 
and delivering about 700,000 pounds of thrust. 
This motor approximates in size and general 
characteristics the motor envisioned for use with 
the Titan III space launch vehicle, 

The Lockheed Propulsion Company was awarded 
a contract for the development of a tapered pin 
clevis joint design under the original Air Force 
feasibility program, the design to be proven by 
a full scale hydrostatic test of a 120" diameter 
Joint. Under the expanded technology program, 
the decision was made to load and fire the 
complete motor, the completion of the case having 
been privately financed, The firing is scheduled 
for May 1962. 

Throughout the series of firings described, 
as many TVC experiments as possible are being 
performed. These experiments are being supported 
by extensive analytical and subscale work. The 
scope of investigation includes a variety of 
fluids, location of ports, the limits of side 
forces obtainable, and the efficiency of injec­
tion. It appears that for first stage booster 
application, the dominant factor in the design 
may be the maximum side force required. 

A premise of the whole program has been that 
very large solid boosters having acceptable per­
formance are feasible using existing state-of-the­
art in the various fields which are pertinent. 
The principal problem foreseen is reducing this 
state-of-the-art to practice in the sizes 
required. 

Considerations in Development Programs for 
Manned Space Launch Vehicles 

In planning a development program for solid 
boosters for manned space launch vehicles, the 
characteristics required of the motor may have an 
important influence on the schedule and cost, to 
the extent that they present difficult design, 
manufacturing, or test problems. A motor which 
adequately demonstrates its feasibility may fail 
to meet exacting vehicle requirements in a number 
of respects. 

The preliminary design of a launch vehicle 
will represent a number of design comprO!llises, 
hopefully made to permit the solid motor design 
to stay comfortably within the limits of burning 



time and thrust inherently available in a given 
size motor as discussed in a previous section . 
Beyond the parameters of total impulse and burn­
ing time, the motor specification must take into 
account numerous constraints and special require­
ments . Important among these are the maximum 
acceleration and dynamic pressure which the 
vehicle will withstand. These may considerably 
inf luence the distribution of impulse over the 
burning time , or in other words, the thrust 
time curve . In order to allow the motor designer 
as much latitude as possible in devising suitable 
charge configurations , the method of specifying 
the impulse-ttme relationships shown in Figure 
11 has been de,vised. Limits are established for 
maximum acceleration, maximum dynamic pressure , 
and the degree of regressivity thought prudent 
to permit witbout exceeding the state-of-the -art . 
The enclosed area represents the possible ratios 
of impulse delivered during the first half of 
burning to the• total impulse ,,1hich do not result 
in the establi.shed limits being exceeded . It 
should be note·d that the limits are valid only 
for the burnin,g time stipulated . 

While the exact shape of the thrust time 
curve is t hus allowed considerable freedom, the 
motor- to-motor deviation allowed f rom an estab­
lished thrust- time curve may be r ather precisely 
specified in order to assure satisfactory 
vehicle operation when motors are employed in 
parallel or clusters . Other parameters likely 
to require establishment of limits in the 
specification are ignition delay, rate of onset 
of thrust , rate of thrust decay, and tail- off 
residual impulse . 

Thrust termination is l'equired on tile final 
stage of both ,Minuteman and Polaris for velocity 
control . The devices are fairly simple and are 
proving quite reliable. The need for thrust 
termination capability on first stage motors has 
been widely de.bated . Two possible requirements 
are to insure .simultaneous cessation of forward 
thrust of two 1:>r more motors, ru1d to terminate 
thrust in an aioort situation to permit the 
manned component of the vehicle to be separated . 
The latter requirement dictates 'that the thrust 
termination feature be operable on command any 
time after ign:i tion. 

Ignition of large motors has not been a 
problem in the sizes fired so far . Conventional 
techniques -- both pyrotechnic and small rocket 
type -- have been success.fully used . Other 
methods are uncler investigation . These include 
hypergolic flui.ds and devices inserted through 
the nozzle . It is felt that with a launcher 
mounted ignition system a higher degree of 
igni 'tion relia'bili ty might be more readily 
achieved using more redundancy . A special si:,udy 
o.f the problem$ of igniting clusters of large 
rockets is being made . 

In the man.ufacture o.f large segmented 
motor~, it has already been shown that all 
con:.ponents can be successfully made up to 120·• 
size . Processing has been uemonstrated . The 
same techniques and processes appear satisfactory 
f'o:r motors up ·co the l5b " in size . The principal 
problem foreseen in the ma:1Ufacture of 156" size 
segmen'tcd motors is the fabrication of the steel 
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case . Existing heat treatment furnaces having the 
capability of processing the types of alloys 
expected to be used are limited to a wo,rking 
diameter of about 140". Undoubtedly, larger f ur­
naces will become available as the requirement 
becomes firm. As the size of t he part increases, 
the problem of maintaining dimensional stability 
during hf•3.t treatment may be expected to i ncrease . 

Graphite in one of its various forms is the 
presently preferred material f'or nozzle throats . 
In some grades blocks of sufficient size to yield 
one -piece rings for 120" motors are not yet avail­
able . Orders have been placed for experimental 
blocks in the required size. Investigations are 
being conducted on other throat materials, in 
particular, ablating graphite cloth phenolic 
compositions. This type of material and also 
asbestos-phenolic moldings are used for the nozzle 
expansion cone . A question exists over the mold­
ing pressures that will be required. V,,rrious 
techniques have been discussed includin,g matched 
die molding, hydroclaves, and some rath,er novel 
schemes . Al though sufficient evidence ,:,n erosion 
rates and structural integrity is not i1'.l hand to 
definitely state a requirement, some manufact ­
urers are placing themselves i n a posit:ion to 
furnish higher pressure moldings should the need 
be confirmed. 

Discussions of solid propellant mo·~ors for 
manned space launch vehicles always bring up the 
subject of "man rating . " People have d:Lfferent 
interpretations of this term, but in general i t 
seems to reflect agreement that special consider­
ation must be given to the matter of crew safety. 
Requirements for man rating might include higher 
reliability, increased factors of safetJr, mal­
function detectioo, and explosive classification. 

The impressive reliability records of solid 
propellant JATO rockets used to assist "launch" 
of piloted aircraft was achieved after extensive 
developnent programs culminating in large numbers 
of firings of production units to stath;tica.lly 
demonstrate the reliability of the motor. The 
enormous cost of giant solid motors for space 
launch vehicles makes the same developne,nt 
approach impractical. Instead there wil.l have to 
be more emphasis on rigorous analysis, ample 
safety margins, and intensive reliability effort 
through manufacture and prepration for f"iring . 

Studies are presently under way to identify 
the parameters which should be monitored to pro ­
vide the first indicatioc of operating malfunc­
tion . Preliminary results lead to the belief that 
a number of dangerous conditions can be sensed in 
sufficient time for an escape system to react. 

The question of man-rating solid motors was 
first faced years ago with the JATO rock•ets. The 
largest soli d motor presently used for launching 
manned vehicles (F-lOO's) is the Rocketdyne M-34 
ZEL . There is no reason to believe that as motors 
get larger, the problems of man-rating c.hange in 
any fundamental way. 

The explosive classification of sol:id propel­
lant motors is a factor affecting manufa1:turing 
and test faciJ.i ty layout probably more than 
safety of manned flight . Safety people 1require 
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proof by actual test of the explosive behavior 
and detonability of large motors . The ini tiat­
ing charge requi.rement is becoming so large as 
to raise a quest.ion about the realism of the sit­
uation being simulated. The prediction of the 
critical diameter for a given propellant or the 
criticality of El given grain geanetry appears 
impossible or at least unconvincing with avail­
able analytical techniques. Additiooal theoreti­
cal and experimEmtal work on this subject is 
desirable. 

Puture Prospects 

The role oir solid propellant boosters in the 
manned space fl:Lght picture is now emerging as 
plans for the v11rious manned space flight pro­
grams take shapt~. 

About a year ago the conviction was growing 
that a degree o:f standardization was essential 
for space launclning vehicles . The wide variety 
of canbinations that had come into being and 
were being sugg,~sted multiplied develof111eot costs 
and flight test problems. The reliability grovth 
that should com,~ with repeated use of identical 
equif111ent was unpossible to achieve. Independent 
studies by the Air Force and the Institute of 
Defense Analysis concluded that a significant 
degree of standardization is feasible for basic 
components of space launching systems. These 
components might be regarded as "building blocks" 
which might be "stacked" in suitable combinations 
permitting the flexibility to perform a wide var­
iety of missions. The studies further indicated 
that the Titan II missile bad characteristics 
which made a good "core" around which to associ­
ate other building blocks . Accordingly, studies 
were initiated to confirm the technical feasibil­
ity of this approach and to develop an improved 
management approach to the enormous problems of 
bringing such programs to timely fruition in an 
orderly and econOl!lical manner. Recognition is 
growing that in the space age the problems of 
management of the complex undertakings transcend 
the numerous and of'teo formidable technical 
problems. 

The study and program planning phase for a 
standardized space launch vehicle employing a 
modification of' the Titan II missile in conjunc­
tion with two large solid booster rockets is 
nearing completion. Among the many missions for 
\lhich this laur,cbiog system can be used are at 
least one involving manned space flight. If 
the result of t,he final evaluation is favorable, 
this would beccrne the nation's first space launch 
vehicle employi.ng laree solid boosters which 
could be used for manned space flight. 

The motoru for the Titan III, a .. it is now 
being called, will be the segmented type approx­
imately 120" it1 diameter. Loaded weight of the 
motor will be ulmost 400,000 lbs . and the thrust 
\/ill be in the million pound class. Burning 
time will exceed by a very modest amount times 
that have been achieved in experimental motors . 
About 4~ regressivi ty is required. Following 
the philosophy of the program an effort was made 
in draviog up the specifications to equalize the 
technical riskn in develoflllent of various parts 
of the system. 
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The conclusions and recommendations ,of the 
studies and reviews of large launch vehicle re­
quirements for the lunar landing and other mis ­
sions, point to an important role for even larger 
solid rockets in the nation's most ambitious 
manned space flight program . The objectives and 
schedules vhich can be reasonably expected to be 
achieved are being developed in light of critical 
milestones in the lunar landing program . Planning 
for prototype motor develOflllent in the largest 
size that appears practical for segmented motors 
(about 156" because of transportation limitations) 
is well along, as are plans for demonstration of 
the feasibility of various steps in the develop­
ment and operational use of very large (240 - 26o 
inch) non- segmented solid rockets. In fo,rmulating 
the plans for these programs, the Air Force is 
fully responsive through the Department c,f Defense 
to the stated vievs and indicated requirements of 
the NASA . 

The approach and immediate goals of these 
t\lO efforts are being set in accordance 1,•1 th the 
accepted feeling about the uncertainties involved . 
The feasibility of the 15611 size segmente,d motor 
is generally conceded, hence the expectat.ion of 
proceeding directly to a prototype \lbich repre­
sents as nearly as possible a flyable modlel based 
on available information on requirements . The 
larger monolithic motor, on the other band, \/bile 
expected to be designed using existing state-of­
the-art in propellants, metallurgy, plastics, and 
proposed to be handled by methods \lhich appear 
possible, represents such a departure from 
present experience that the feasibility ls less 
certain . Probably there will be sane dH'f'erence 
of opinion over the definition of feasibillity. 
As it has been employed in connection with the 
very large motor, the term means the capability 
of reducing to practice that which on paper 
appears possible . 

Conclusion 

In summing up the discussion of sol:id rocket 
boosters for manned space flight, it appears 
correct to say that for all, except the largest 
sizes, the technology exists to satisfy :immediate 
needs. The attractiveness of large solid. pro­
pellant rockets as first stage boosters lnas been 
shown fran an overall cost effectiveness stand­
point . The role that solid motors ulti.lru~tely 
will play in the nation's manned space flight 
endeavors \/ill depend on events and deci.sions 
still in the future. Certainly the ability of 
both the liquid and solid rocket industry to meet 
their commitments \11th regard to performance, 
cost, and schedule will have an important bearing 
on the outcane . 
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THE POTENTIAL FOR NUCLEAR PROPULSION FOR MANNED SPACEFLIGHTS 

Maxwell W. Hunter, Jr. 
Member, Professional Staff 

National Aeronautics and Space Council 
Washington, D. C. 

D:-JTRODUCTION 

Nuclear prc>pulsion for rocket application 
can be separated into several categories. Prob­
ably the most obvious approach to utilizing 
nuclear energy is a nuclear thermal rocket con­
sisting of a reactor made of solid material used 
to heat a propellant which is expelled in a hot 

jet to give use.ful thru1>t. Unfortunately, high 
specific impulse in a thermal rocket requires a 
high temperature in the exhaust stream. There­
fore, fundamental performance limitations 
appear which are high temperature reactor 
material prob] ems rather than limitations on 
the amount of nuclear energy available. It is 
well known thal these limitations tend to give 
the order of magnitude of twice the specific 
impulse of high energy chemical systems, even 
when hydrogen,, with it5 low molecular weight, 
is utilized as t:he propellant in order to yield the 
lowest possible temperatures. The Rover Pro­
ject is developing a modest-sized rocket of this 
type. A doubling of the specific impulse is a 
very substantial performance gain, and the use 
of upper stages powered with these rockets, 
combined with conventional chemical lower 
stages substantially increases performance. 
Such stages would tend to double the earth 
orbital payloads of large chemical rockets such 
as Saturn, and decrease the size of interplane­
tary orbit-to-orbit shuttle vehicles by one order 
of magnitudel,. 

Those perf,:,rmance improvements are worth­
while goals, and it is important that they be 
pursued with vigor. The situation is, however, 
still very frustrating on two counts. First, the 
cost of deploying people and equipment through­
out space is s1till extremely high, and it would 
be most desirable to make a really fundamental 
reduction in this important basic quantity. 
Second, the energy potential of nuclear reactions 
is far higher than that which can be released in 
solid core fission rockets with current material 
limitations, s,o that vastly greater performance 
improvements are latent in the nuclear process. 
Attempts to get around this second frustration 
of "fundamental" performance limitations have, 
so far, split into two families. The first family 
utilizes a nuclear thermal rocket modified so 
that part or all of the energy release takes place 
in a gas so that no fundamental temperature re­
striction exists. Two sub- groups of this family 
are: (a) The use of nuclear bombs which detonate 
behind the ship and throw debris against a cun­
ningly mounted striker plate as a method of ob­
taining thrust (Project Orion) ; and (b) The run­
ning of a cont,tined reaction in a thrust chamber 

with the energy release actually occurt'ing in 
the gaseous phase, the so-called gaseous fission 
reactor. The second family utilizes electrical 
methods of accelerating the propellant to avoid 
completely the need for high temperatures. This 
family has spawned a fair amount of research on 

various electrical propulsion schemes and, as a 
by-product, a large number of mission perform­

ance analyses. 

A one-sentence-each summary of the recent 
state of such advanced propulsion follows. The 
present version of Orion is limited to huge pay­
loads, and certainly was impossible to test ade­
quately while a nuclear test ban was in effect. 
Electrical rockets have extremely low thrust­
weight ratios due to the weight of powe:r conver­
sion equipment required, and their performance 
is consequently severely attenuated in ,,pite of 
yeoman efforts in mission performanc€: analysis. 
No one has yet come forth in a convinciLng fashion 
with a constructive idea for making the gaseous 
fission rocket work at all. 

This paper will first review certain lines of 
reasoning which led to a possible scheme for 
greatly reducing the cost of space travel, even 
if only solid fission rockets were available. An 
attempt will then be made to expand the: same 
line of reasoning to the utilization of gaseous 
fission rockets, an approach inspired by a num­
ber of new suggestions which have mat,~rialized 
recently with respect lo gaseous fission reactors. 
Reference to Orion, nuclear electrical rockets, 
and fusion rockets will be made occasi()nally, if 
appropriate, but no attempt to present a com ­
pletely comprehensive treatment of all types will 
be made. The discussion will be limited to solar 
system transportation requirements. 

SOLID CORE FISSION ROCKETS 

If one examines the reasons for the high cost 
o! space travel', he is usually impresse,d with the 
apparent fact that everything seems hopeless. 
Large installations such as Cape Canaveral are 
evidently necessary, and expensive pieces of 
hardware are effectively placed almost beyond 
recovery on each flight, particularly after being 
spread around the planet and throughout local 
space during the operation. The very high ve­
locities required in space flight would seem in­
tuitively to involve such tremendous energies 
that it is natural to expect everything to be fan­
tastically expensive anyway, so that th,~ hopeless 

feeling tends to increase. 
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A really high performance rocket is capable 
of making fundamental improvements in this 
pictur e . If performance can be made high enough 
so thal single-stage rockets have' adequate capa­
bility, it becomes possible to re-use equipment 
exactly as in transport airplane practice. Al­
though a single- stage, re - usable, high- energy 
chemical rocket can almost certainly be devel­
oped for earth orbital operations, nuclear 
energy is required for virtually all deep space 
missions. Except possibly for safety provisions 
surrounding I.he engine, there is no reason why 
a single-stage nuclear rocket should be any more 
complicated t.han a standard transport airplane, 
and no reason why it should be much more ex­
pensive in pr,oduction, except for the price of 
the nuclear inventory which it must carry on 
board for reactor criticality requirements. 
True, the tennperature inside the reactor (and 
in the exhaust jet) will be substantially higher 
than that to b,e found anywnere near a normal 
transport air,craft. On the other hand, the 
rocket accelerates out through the atmosphere 
slowly, and hence, is never subjected to severe 
external envi rorunental factors such as super­
sonic transport aircraft face. In space, condi­
tions are mild, although sometirnes too radi­
antly beautiful. Should aerothermodynamic 
loads on unpowered re - entry prove too distress­
ing, a really high performance rocket could re­
enter the atmosphere on jet thrust. The high 
reactor core temperature, hence, is really the 
only major v~,hicle difference, and if that pro­
blem can be s:olved, all else settles into a normal 
patter n which could well be an easier environ­
ment than most modern aircraft encounter. 

It is felt by the author that most people trag­
ically underrate this point. Five-stage rockets 
of the large n\an-and-cargo variety tend to spawn 
large, complicated launching systems, fantastic 
numbers and 1types of engines, vast real estate 
developments, and similar complicating phenom­
ena. As a mcttter of fact, one of Hunter's addi­
tions to Parkinson's laws is: ''The management 
structure (total number of companies and agen­
cies) involved in large manned rocket programs 
is at least directly proportional to the gross 
weight times the number of stages of the vehicle." 
Most ofus intuitively, if not always consciously, 
understand that Parkinson would certainly have 
discovered his laws in the space launch vehicle 
business if the British Admiralty and Foreign 
Service had not already provided his source 
of inspiration. We are duty-bound to keep a 
sti!f upper lip, however, and should not be blind 
to the fact that it never takes more than one 
adequate propulsion system to give a simple, 
reliable vehicle which might be no more difficult 
to prepar e for· the next flight than the average, 
equally complicated, transport plane (regardless 
of the exhaust temperature when the throttle is 
opened). 

It is clear from the above discussion that 
sufficiently high rocket performance capabilities 
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might well yield tremendous cost reductions in 
both hardware and overhead costs. One of the 
more startling aspects of nuclear roclketry is 
that, in addition, the energy costs turn out to be 
relatively reasonable. At first thought it would 
seem that the energy expended in gene,rating 
60, 000 fps total velocity for a lunar e,<pedition 
would be far greater than any normal transporta­
tion requirement. The total velocity is almost 
twice earth escape speed, and even earth escape 
speed had not been obtained with any appreciable 
payload only 5 years ago. It turns out:, however, 
that this is about the same amount of energy 
which a transport airplane utilizes in suspending 
itself in the air long enough to make a flight from 
Los Angeles to New York. If one assumes a jet 
transport to be cruising for 6 hours at an L/D of 
12, this means that the engines were applying 
1 /12 of the weight of the airplane for the six hour 
period. If somehow this could have been applied 
in field-free space, the airframe would have ac­
celerated at I/ 12 of a g for 6 hours and would 
have generated 58,000 fps, essentially the total 
velocity required for a lunar transporlt. Thus 
normal cruising aircraft utilize the same order 
of magnitude of energy as required for a modest 
space transport system, essentially b ,ecause they 
fight gravity incessantly during their whole flight 
In space, transports fight gravity quickly and 
efficiently in the early part of their flight and 
coast through space to their destinations. Look­
ing al it another way, a Nova-type vehicle would 
use about 107 pounds of chemical fuel to give 
2xl04 pounds of payload a lunar round trip. This 
is 500 pounds of propellant per pound of payload 
and, al an average energy of 3000 KC.AL/KG, is 
approximately 1000 I<W-HR of energy per pound 
of payload . Since the current rates for commer­
cial electrical energy (in Washington, D. C.) are 
about 1 f per KW-HR, $10 is the terrestrial price 
of the energy per pound of payload. Hence, space 
flight is expensive not because the energy re­
quired is high, but because no way has yet been 
found to package and utilize these energies out ir. 
space. Only the nuclear rocket achieves high 
enough exhaust velocity to create the necessary 
performance in a single-stage vehicle. If it were 
possible to build a nuclear rocket with perfect 
fuel containment, the price of uranium burned 
to generate the required energy would be only a 

fraction of a cent per pound of payload.. This is 
much lower than the chemical rocket example 
quoted, since not as much energy must be ex­
pended accelerating inefficient fuel to high kinetic 
energies. The difference becomes eve,n more 
pronounced at higher velocities. 

These various points have been explored, 
various ways of presenting them have been given, 
and analyses have been made as to velocity re-

. f . f · · 2 - 0 quirements or various uture space m1ss1ons 
Perhaps the most concise way to sumn1arize this 
data is shown in Figure 1, where dollars per 
pound of cargo delivered is shown vs v ,elocity of 
mission £or cnemical rockets, solid fission 
rockets, and two examples of gaseous J[ission 



rockets. Figure 1 assumes values of hardware 
costs consistent with current airframe practice, 
weight ratios oJ: vehicles consistent with current 
rocket practicE,, and the a~hievement ~f re-6se 
consistent with transport aircraft experience 
Chemical rocke,ts can be used as orbital trucks 
without causing more than a few dollars per 
pound increase in operating cost for the mis­
sions. The only effective way to keep costs in 
bounds for high velocity flights, however, is 
with high performance nuclear rockets . The 
additional assu:mptions in the gaseous fission 
cases are rath•~r difficult to meet since they 
presume perfect containment of the reacting fuel 
and high thrust-weight ratios, regardless of the 
specific impuls:e obtained. The difficulty of 
meeting either of these assumptions explains 
why gaseous core rocket development to date 
has been confined to theoretical and some ex­
perimental detailed investigations, rather than 
any large scale development. It can be seen 
that even if only the lower perfo rmance gaseous 
fission rocket is achieved, interesting addition­
al missions are feasible compared to solid 
fission systems. Therefore, the state of gase­
ous fission roc:kets will be inv estigated. 

One other point should be elaborated from 
Figure 1 before proceeding. One cannot operate 
in the high velc::icity regions by the simple pyra­
miding of chen-iical rockets in any reasonable 
fashion. This is due to the logarithmic nature 
of propellant weight requirements. This effect 
is shown by the example in Figure 2 , where 
number of launches required for 60,000 fps, 
120,000 fps, and 180,000 fps missio ns are 
shown for chetnical rockets, soli d fission 
rockets and gaseous fission rockets. Figure 2 
assumes all higher performance missions to be 
achieved by refueling rather than staging. If 
staging were ms ed, the values shown represent 
roughly the total weight to be launched, rather 
than number of launches. 

GASEOUS FISSION ROCKETS 

Most of the earlier ideas for ways of utilizing 
gaseous fissio n cavity reactors for propulsion 
involved diffuuion of the propellant through the 
gaseous fuel so that heating occurred by direct 
conduction and convection. It was then neces -
sary to separate the two gases and hopefully re­
tain virtually .all of the fuel on boa rd while 
exiting all of the propellant. Hydrogen was nor­
mally assumed as propellant since low tempera­
tures are always comforting, even in non-tem­
perature limited cases. Schemes such as mag­
netic field containment or the use of centrifugal 
separation in some form of vortex, were con­
sidered. Weight of magnetic equipment was, as 
always, a problem, and the details of vortex 
stability and containment with any substantial 
diffusion rate have remained vexing. 

Another family of systems has orignated from 

these investig;ations. Although deceptively 

similar in appearance, they operate on a. basical­
ly different principle. These are system.s which 
beat the propellant by means of radiation from the 
fission plasma, rather than direct interrnixing. 
The containment problem, therefore, is not one 
of separation but rather one of the prevention of 
mixing. This is a fundamentally different con­
tainment problem. Vortex stabilization criteria 
will certainly differ when hydrogen is not diffu­
sing through the core. II magnetic forces are 
used in any of the schemes, they become of the 
intensity required to prevent boundary layer mix­
ing, almost obviously a much smaller fi,eld re­
quirement than that for containment of a fission 
plasma in the face of hydrogen diffusion. A co­
axial flow reactor has been suggested where a 
central, slow-moving, ·stream of fission fuel heats 
an annular, fast-moving stream of hydrogen sole­
ly by radiation, with separation obtained! by vel­
ocity differential 7 The scheme has even been 
suggested, in the "glow plug" reactor, that the 
fission plasma be contained in a quartz ( or simi­
lar material) bottle 8 . It is possible to <;ool the 
bottle to reasonable temperatures while still heat­
ing the propellant to high temperature by radia­
tion, if the bottle transmits most of the radiant 
energy . This system would yield perfect con­
tainment, and is hence a very exciting thought. 
New ideas are afield in the gaseous fissiLon re­
actor arena, and an attempt will be made to cata­
logue the limitations and capabilities of some of 
these schemes . 

The specific impulses the oretically achievable 
with fission rockets are basically very high, but 
extremely difficult to achieve in practic,e since 
very high temperatures are required. Economy 
is a problem, since separation (ratio of mass flow 
rates of unburned fuel to propellant in the exhaust) 
must be of the order of 10-4 to reduce h1el cost to 
a value comparable to propellant cost, lrigure 3. 
Separation ratio as lax as 1. 0, however, does not 
strongly deteriorate specific impulse. The pro­
pellant costs in Figure 3 are for a hydrogen/uran­
ium mixture, assuming a hydrogen price of 25 ¢ 
per pound, and a uranium price of $5,000 per 
pound. It can be seen that for very high perform­
ance, fuel costs become very high even with per­
fect containment. Hence, a fusion rocket would 
be very desirable due to low fuel costs a.s well as 
lack of fission product production. 

An analysis was previously perform,ed by 
making ·use of the data of Figure 3, and assuming 
that it would be possible to create fission rocket 
propulsion systems with thrust- weight ratios 
comparable to solid fission systems over the 
entire performance spectrum6 . This was a very 
great asswnption indeed, for high temperatures 
not only force gaseous phase heating which com­
plicates containment, they also generate such 
intense thermal energies that any spuriious fluxes 
may be of large magnitude, and their consequent 
dissipation may create basic performance limi­
tations . Tbe reason for such a theoretical 
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exploit was to see if a limit on desirable per­
formance existed for solar system t r ansiporta­
tion, regardless of engineering difficulti,es. The 
results were that even for relatively fast transits 
as far as the planet Pluto (less than two years), 
specific impulses of much beyond 20 , 000 seconds 
were not desirable. This was the reas on for 
showing 2.0, 000 seconds as the highest specific 
impulse in Figure I. It can be seen fron, Figure 
3 that this result could have been anticipated, 
considering the rapid increase in fuel cost which 
occurs at higher specific impulses . Figure 4, 
reproduced from Reference 6, shows that op­
timum operating costs (with high re-use assump­
tions) were achieved with single- stage ve,hicles 
with fuel to gross weight ratio varying from 20% 
at low velocities to 60% at high velocities: . 

The problem of achieving even 20 , 000 seconds 
with high thrust-weight ratio is still difficul t. 
Even if perfect containment, either with some 
new vortex configuration or with a glow plug con­

cept, were obtained, the problem of hand1in g the 

energies involved still tends to limit engine per­
formance seriously, as previously indicated. The 
portions of the rocket system which must remain 
solid have to be cooled in some way, evein though 
no fission energy release takes place there . 
These thermal balances have been treated in 
generalized fashion by Meghreblian 9, 10 .. The 
thermal loads are intense, and are deterimined 
by whether or not any fissioning takes place in 
the solid material, the fraction of energy that 
appears in nuclear radiations which will lheat 
the solid surfaces, and by the question o;f 
whether the hydrogen propellant is transparent 
or opaque to thermal radiation. If the solid 
surfaces are cooled by regenerative cooEng only, 
there is a limit to the amount of cooling c:apacity 
in the propellant at the temperature of th,e solid 
elements, and, therefore, there is a limiit to the 
amount of specific impulse achievable with re­
generative cooling. Even if no thermal load is 
radiated to the structure from the gas stream, 
the nuclear radiation tends to limit the specific 
impulse to about three times that obtainable with 
a solid core reactor. The actual limit is shown 
in Figure 5 related to the fraction of energy re­
lease (t ) which appears as thermally effe,ctive 
nuclear radiation. This fraction is assur.ned 
to be 10% in Meghreblian's work, but it is a 
strong factor, and the possibility of going; to 
smaller fractions by means of thinner reflectors 
and/or relatively gamma transparent shells 
should not be neglected. Only the neutrons 
must be reflected, and hence their energy 
absorbed in the reflector, in order to con.tribute 
to reactor criticality, It is logical to bal.ance 
the neutron reflect"ive properties of materials 
with their relative gamma transparencies 
and thermal cooling properties to give optimum 
reflectors for these applications . The use of 
a deliberately thinner reflector would require 
a modest increase in nuclear inventory for 
criticality, but would yield both higher th:rust­
weight ratio and higher basic performanc ,e . Any 
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fission products which escape in the exhaust no 
longer contribute their share of nuclear radiation, 
again yielding increases in performance. As in­
dicated previously, this is very likely to occur in 
gaseous fission systems. These latter two effects 
are illustrated in Figure 6. 

If engine performance is extended beyond the 
values achievable with regenerative cooling, a 
radiator must be added to reject the excess heat, 
and the thrust- weight ratio immediately suffers 
as a result of radiator weight. This tends to be 
a severe penalty, since the desirable specific im­
pulse is of the order of 10 or 20 times that 
achievable in a solid core reactor, and, conse­
quently, huge quantities of energy must be re­
jected through the radiator system. The specific 
impulse ratio achievable for the case of all fission 
occur r ing in the gaseous phase (f=o), both for the 
case of no thermal radiation from the gas (,8s=o), 
and for the case of representative values of ther­
mal radiation from an opaque gas, is shown in 

Figure 7, reproduced from Reference 10. The 
opaque gas assumption is used as bemg appro­
priate to systems where the propellant is heated 
by radiation rather than diffusion. The radiator 
power fraction ( Y) is the energy which must be 
rejected from the radiator system compared to 
that handled by regenerative cooling. It can be 
seen that this value must be 10 to 100 if specific 
impulse improvements of 10 to 20 times that 
achievable in solid core reactors are to be gen­
erated. 

Attempts have been made by various authors 
to estimate the thrust-weight ratio achievable with 
such systems . A typical exa,rple is shown in 
Figure 8 as the lowest curve . Specific impulse 
ratio is defined as the as the ratio of specific im­
pulse achieved to that of the propellant operating 
at the temperature assumed for the solid portions 
of the reactor . This curve clearly indicates that 
very low thrust-weight ratios are to be expected. 
Two justified changes in assumptions to this curve 
yield, however,startling results. The curve pre­
sented assumed a thrust-weight ratio of about one 
to be achievable with a solid core system, and 
also assumed a radiator temperature of 1000°K. 
A value of "Rover-equivalent" th.rust-weight ratio 
of 5 was used for the remaining curves of Figure 
8. Although this value can be assumed as high 
as 20, such estimates make no allowance for 

pump weights or pressure shells 1 l_ Such items 
were considered in the analyses of Reference 12, 
and the assumptions used here amount to adjust­
ing the generalized expressions of Reference 9 to 
match the more elaborate single point of Refer­
ence 12. 

Changing the "Rover-equivalent" thrust-weight 
ratio to 5 still indicates very low thrust-weight 
ratios at high specific impulse values as shown in 
the next- to-lowest curve in Figure 8. A review 
of radiator assumptions was therefore thought to 
be in order. All analyses of radiator 



configurations for nuclear propulsion krn:>wn to 
the author have centered around the requirements 
fo r nuclear electric systems for either propul­
sion or auxiliary power. In at least two respects 
these requirements are totally different from 
those for gaseous fission rockets. The :first 
point is that nuclear electric systems mlllst be 
designed for long operating times (of the order 
of years) so that such problems as meteoroid 
penetration of the radiator surface must be con­
sidered in terms of long- time probabilities. 
This point strongly influences radiator weight. 
A high-thrust gaseous fission system wo,uld only 
operate for periods of minutes at a time and, 
therefore, an investigation of sho rt-life radiators 
is pertinent. It is true that the radiator must 
survive for the total flight duration, not simply 
the engine burning period, since the engine must 
be used for braking at the terminal. However, 
total flight times will be much shorter than for 
electrical systems, the radiators might be pro­
tected while not radiating, and the loss (){ a radi­
ator segment would not be very crippling to mis ­
sion performance. Secondly, and considerably 
more important, the radiatot" temperature of the 
gaseous fission system can -be as high as it is 
possible to build radiators. In a nuclea:r electric 
system, a balance must be struck between the 
efficiency of the conversion process, which re­
quires the reject.ion of heat at a low temperature, 
and the decrease of radiator weight whic:h, in 
general, occurs at high temperature. As a re­
sult, radiators usually want to operate a,t a tem­
perature on the order of three-quarters of the 
maximum cycle temperature, and the maximum 
cycle temperature is determined by the ability 
of either rotating machinery or thermionic 
systems to operate for periods of years.. There­
fore, radiators for gaseous fission rocket cool­
ing systems should be operated at much higher 
temperatures than those for nuclear ele,ctric 
systems, and might be easier to design because 
of the vastly shorter operating time req,uire.­
ments. 

The upper curves of Figut"e 8 compare the 
thrust-weight ratios of systems with radiators 
of 1000, 2000, and 3000° K temperature and, for 
comparison, a zero area case (TR➔ oo ). The 
radiator weight per unit area may well increase 
step- wise as temperatures increase due, to the 
need to utilize different materials which are 
usually heavier at higher temperatures. A con­
stant value was assumed here~ and although 
Reference 11 used a 5 LB/FT radiator system 
weight, the value of I LB/FT

2 
of Reference 9 is 

felt more appropriate in light of the short opera­
ting times. It can be seen that even at specific 
impulse ratios of 20, a thrust- weight ra.tio of 
over one is achievable with only a 2000° K 
(3140 ° F) radiator temperature. Thus, if the 
radiator loop were operated in the same, tem­
perature region as the primary heat exc:hanger 
loops being considered for advanced power 
systems, high thrust-weight ratios result fo r 

gaseous fission rockets . Clearly, special radi­
ator designs appropr iate for gaseous fission 
reactors should be the subject of intensive in­
vestigation. 

The ability to reject heat through a radiator 
and still keep a high thr ust-weight ratio, leads 
to other interesting viewpoints on desirable pro­
pulsion systems . If a vortex containment system 
is used, although the containment may be very 
good, it is doubtful that it can be made perfect. 
As indicated, imperfect containment will adverse­
ly affect fuel costs, If a "glow plug" system can 
be made to work, it will have essentially perfect 
containment . It will have a lower peak perform­
ance, however, since the material in the plug 
itself will be heated by nuclear radiation, and, 
hence, the fraction of energy dissipated in solid 
heating will be higher than if no glow plug were 
used. If in a vortex system, 10% of the energy 
were dissipated in heating the solid elements, 
perhaps an additional 3% would be dissipated in 
the glow plug. The two cases are shown in 
Figure 9, which indicates only a modest degrada­
tion of the glow plug with respect to the vortex 
system. Utilization of the high temperature radi­
ator obviously strongly influences this conclusion. 
Note that Figure 9 is plotted vs specific impulse 
with 2000° K material temperatures rather than 
specific impulse ratio as in Figure 8. 

The utilization of either system at the higher 
specific impulses involves more than simply the 
provision of high temperature radiators. 1n 
general, hydrogen must be seeded with some 
other material in order to increase its absorp­
tivity sufficiently to make radiant heat transfer 
practical. The amount and type of such material 
would be expected to vary with radiating tempera­
ture. In the glow plug, in addition, higher tem­
peratures may shift the radiation spectrum so far 
toward the ultra-violet that it is moved essen­
tially out of the region of transparency of the plug 
material. Int ernal seeding to shift the spectrum 
may solve this problem. The plug material may 
have to be at a lower temperature than other solid 
elements to maintain transparency, and, conse­
quently, the assumed additional 3% loss may be 
optimistic. It is evident that all detailed problems 
of these systems have not yet been solved. The 
essential point is that as they are solved, high 
thrust-weight systems will be available with high 
specific impurse. 

The curves of thrust-weight ratio presented so 
far have shown performance limitations for the 
idealized assumption of no energy deposited in the 
structure by thermal radiation from the gas 
stream. The radiators included were required 
to reject the energy deposited in the structure by 
the nuclear radiation, and the decreased thrust­
weight ratio at high specific impulse was caused 
both by the inclusion of these radiator weights, 
and by the fact that more energy is required to 
generate higher specific impulses. For a constant 
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value of thrust, the energy required is directly 
proportional to specific impulse, and, conse­
quently, the weight of the basic reac;tor increases 
with specific impulse due to the assumption of 
constant energy density in the solid portions of 
the reactor. With this simplified assumption, 
the thrust-weight ratio for the case of no radia­
tor decreases exactly inversely with specific 
impulse as s hown in Figure 8 . The ther mal load 
deposited in the structure from the gas stream 
is strongly dependent upon whether the gas is 
transparent or opaque to nuclear radiation. 
Since only systems which transmit energy from 
the nuclear plasma to the propellant by radiation 
are being considered here, it is implied that 
virtually all such radiation is absorbed in the 
gas stream and, consequently, the opaque gas 
assumption is logical. The effect of inclusion 
of thermal loads is shown in Figure JO . The 
assr,ed value of the radiation parameter .Is of 
10- is representative of a gaseous fission system 
which has all fissioning plasma elements at 
least two optical thicknesses within the propel­
lant mass . lt can be seen that although thermal 
radiation becomes increasingly important at 
large values of specific impulse, thrust- weight 
ratios of about one are still possible throughout 
the regions of interest for interplanetary trans­
portation. 

GASEOUS FISSION PROPULSION APPLICATIONS 

The previous section has indicated that gaseous 
fission reactors are capable of yielding thrust­
weight ratios of about one up to a specific im­
pulse as high as 20,000 seconds, if appropriately 
high temperature radiators are utilized. Radia­
tor temperatures as well as the temperatures of 
all solid structure portions of the propulsion 
system can be held as low as 2000°K, and still 
achieve this performance. The containment pro­
blem must, of course , be adequately solved. 

Many uses can be envisioned for such propul­
sion systems. The remaining discussion will be 
limited, however, to the examination of the pos si­
bility of the provision of a single highly effective 
versatile, sp.ace transportation system to handle 
all reasonable solar system missions. Space ex­
ploration (and competition) will spread as far 
away from the earth as technical and economic 
factors permit. If one is to keep from drastically 
revising his large vehicle program every year, 
he must anticipate, with vigor, the performance 
regions of interest. For manned exploration, 
interest centers around relatively large payloads, 
perhaps on the order of 50 tons. Although this is 
a small payload as far as sea transports are con­
cerned, it is nonetheless representative of a 
fully loaded C-133 airplane. In terms of the feats 
of air transport logistics to date, it is perfectly 
clear that the ability to place 50 tons at prede­
termined locations in the solar system on a re­
liable and convenient schedule, would constitute 
a very commendable early space logistics 

capability. The velocity requirements for 
various missions of interest are shown in 
Figure 11, along with typical payload vs velocity 
cur ves for chemical rockets and the various 
classes of nuclear rockets discussed. It is clear 
that versatility demands the payload to be de­
livered over a very wide velocity region; tre­
mendously large payload weights which are 
limited to low velocities should only be of 
interest to civil engineers. Many missions of 
extreme interest in planetary exploration occur 
in the velocity regions of several hundred thou­
sand feet per second. If a spaceship were avail­
able which could deliver a 50 ton payload to these 
speeds, it would have the desired tremendous 
utility, and would be a very tough competitor, 
indeed. It is interesting to note that single- stage 
gaseous fission rockets of 5000 seconds specific 
impulse are capable of effectively penetrating 
these speed regions. (Even at only 2500 seconds, 
very interesting performance is possible.) Note 
in Figure 11 that different gross weights were 
assumed for the different classes of propulsion. 
The velocity shown for inner planet transporta­
tion is that which gives one-way travel times of 
about 3 months to Mars or Venus even at the 
most adverse time of the synodic period. A pro­
pellant supply (but not fuel) is required on each 
terminal planet for such operations. It is clear 
that the missions which gaseous fission rockets 
can perform span the whole solar arena at a 
quite reasonable operating cost, with travel times 
at least to the inner planets no worse than typical 
" windjammer" times of last century, and with 
the convenience of year-round operation to all 
points . A possible analogy between the frigates 
and galleons of old comes to mind. If slow, 
clumsy ships were the way to conquer the sea, 
this paper would be written in Spanish. Of all 
nations, the one most famous for "clipper ships" 
should be the first to grasp the many intrinsic 
advantages of short travel times in space. His­
torically, these advantages have invariably been 
overpowering. 

A common complaint unites all people involved 
in space programs, be they technical, military, 
or political. The complaint is that programs a r e 
never sufficiently stable to permit the development 
of useful, reliable equipment in any reasonable 
time scale. It is usually felt, furthermore, that 
our competition is always doing a better job of 
such program.ming, and this is inevitably excused 
by reference to his non-democratic decision pro­
cesses. It is submitted that this excuse is badly 
overworked, and that at best it is indeed a poor 
replacemen"t for inspired advance planning. The 
problem can be seen at a glance in Figure 11. 
There are many missions to be performed in 
space. It is possible to foresee them, and it is 
possible to build one class of ship to do them. 
Unstable programs result from not facing the 
reality of the exotic missions as soon as they be­
come feasible. H the lesson inherent in Figure 11 
is not learned, our fate is to be driven violently 
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about by our competition. The question is not 
only what nuclear spaceships can do for you, 
but what nuclear spaceships might do ~you. 

THE DESIGN OF SPACESHIPS 

In the opinion of the author, too many words 
have been written about the design of aircraft 
and the design of guided missiles, and too few 
about the design of spaceships. Manned space 
flight is the subject of this paper, and therefore, 
speculation on manned spaceship design is ap­
propr iate. Guided missiles have grown up in the 
the throw-away-ever ything atmosphere of 
bullets . Recove ry and re - use has been looked 
upon as something mysterious, and achievable 
only at great expense and low reliability, partly 
because very little effort has been put into it. 
A difficult component development problem 
occurs since the equipment is rarely available 
for examination afterwards. It is hard to get 
enthusiastic about recovery, when it is not part 
of the operational scheme. Redundancy of de­
sign has usually been held to a minimum. High 
acceleration loads are tolerated both on launch 
and re-entry, sometimes because the equipment 
can take them, sometimes because they cannot 
be avoided, and sometimes because they are 
very desirable for trajectory efficiency. Air­
craft, on the other hand, are re-used constant­
ly, contain many redundant items so that mis­
sions are almost always completed, and, for­
tunately, constantly utilize almost perfect re­
covery reliability. This creates a tendency to 
feel that anything which breathes air al'.\d has 
wings is always economical to operate. This 
thought, if extended blindly into regions of poor 
payload carrying ability, will lead to uneconom­
ical operation, regardless of past history. 

The true spaceship will be neither missile 
nor airplane. It must have the extremely high 
performance of the missile, in fact, much 
higher than any built today. It will probably be 
single stage. Wings and/or air breathing 
engines, which can only aid in the first 5% of 
the mission, will not be tolerated if they should 
unduly deteriorate the performance of the other 
95% of the mission. The spaceship will be as 
redundant and reliable as a transport aircraft, 
and there is no reason why it cannot land as 
reliably and safely as an aircraft. Since it will 
carry soft cargo and normal people, it will 
throttle its engines after take-off, and use lift­
ing entries at landing in such a way as never to 
place more than perhaps 2g acceleration on the 
passengers except in emergencies. It will be 
able to operate at variable specific impulse 
levels for optimum economy with different 
missions. Typical design fuel weight and 
specific impulse as a function of velocity of the 
mission are shown in Figure 12 . 

It should be possible to make spaceship op­
eration as safe as any other form of transpor-
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tation. Since tbe fissionable material is always 
in the gaseous phase, if it should have to be jet­
tisoned in case of emergency, it already is pre­
vaporized for safe deposit in space or in an at­
mosphere. Assuming that calculations on gase­
ous fission reactors for booster propulsion give 
a reasonabl e estimate of reactor char acter istics 
for spaceships, the nuclear inventory on board 
would be less than 10 kilograms for a BeO mod­
erated system13 Thus, atmospheric contamin­
ation either in normal operation or during emer­
gencies is truly negligible. A solid core fission 
rocket accum.ulates fission products during use, 
and hence is quite radioactive on r eturn and dif­
ficult to leave, approach, unload, or maintain. 
A fundamental advantage to the gaseous core is 
that the fission products can be safely disposed 
in space, or the atmosphere, and the vehicle 
landed by aerodynamic means (amciliary chemi­
cal propulsion would be needed on atmosphere­
less bodies) . It is, consequently, safe to ap­
proach and work around essentially immediately 
after landing. A glow plug reactor would have 
perfect containment at launch, but retain fission 
products at landing, unless the plug were jetti­
soned. A vortex containment reactor would not 
be as perfect at launch, although it has the same 
inherent nuclear safety once aloft. Thus, the 
gaseous fission rocket has the potential to meet 
the most stringent safety requirements devised. 

Landing Gear Design 

In spite of a f\lndamentally safe operation, 
it is conceivable that for emotional reasons, 
such ships would not be permitted to take off 
directly from the earth on nuclear thrust. Aux­
iliary propulsion might, therefore, be required. 
If so, it could be one of three categories ; namely, 
liquid chemical rocket, solid chemical rocket, 
or air breathing engines and wings. In view of 
the tremendous performance potential of nuclear 
rockets, it is perfectly clear that only minimum 
auxiliary chemical propulsion should be tolerated 
The proper perspective is maintained if it is 
realized that these auxiliary chemical systems 
correspond, in a good spaceship, to landing gear 
design in a transport airplane. It should al so be 
pointed out that the spaceship is primarily a 
vacuum- dwelling rocket- thrust vehicle which is, 
however, interested in periodic return to plane­
tary bodies. II the proper shape and construc­
tion of propellant tanks and other structure can 
give better re - entry conditions, without severe 
weight penalties, it would be desirable. This is 
analogous to wing flap design in aircraft, another 
auxiliary function . In actual operation, this may 
be only a desirable emergency provision, since 
the extra price of fuel involved in a power let­
down is not great. True spaceship designers will 
start to come forth whenever the potential for 
handling these auxiliary requirements without 
appreciably crippling basic spaceship perform­
ance becomes evident. 



Shielding 

Shielding of biological payloads from 'both 
the propulsion system and the natural environ­
ment is of extreme importance. Fairly ,exten­
sive shielding analyses have been made which 
indicate that if multiple materials are used as 
appropriate, and clever \Jse is made of pro­
pellant, food supplies, and equipment to aid in 
shielding, shield weight penalties are not over­
burdening in terms of nuclear rocket payloads2• 
14, 15 The shield weights for nuclear s:pace 
transports are reasonable even though shield 
weights have been one of the major problems of 
the nuclear aircraft program. Although the re-
3.ctor power of an aircraft is 9everal hundred 
times lower than that of a spaceship, shield 
weight is a function of power times operating 
time. The purpose in building nuclear aircraft 
is to obtain long duration flights so that tlhe op­
erating time is days or weeks. The nucl,ear 
spaceship, however, uses its main propulsion 
system for perhaps only 10 minutes at the be­
ginning and end of each voyage. If we cornpare 
typical values of power times time, the nuclear 
spaceship is characterized by a value only one­
quarter of that for the aircraft. Furtherinore, 
the aircraft by definition must always ope:rate 
in the earth's atmosphere, and hence is con­
tinually subject to the radiation scattered back 
from the earth's atmosphere. This scattered 
radiation accounts for the largest contribution 
to the shield weight. The spaceship, on the 
other hand, climbs quickly out of the atmos -
phere. 'Estimates of the equivalent power times 
time that each device would experience opera­
ting at sea level (a measure of the total s,:at­
tered radiation) indicate a factor of 25 in favor 
of the nuclear spaceship. It is not surprising, 
therefore, that the shield weights required for 
the nuclear spaceship are an order of magnitude 
smaller than those for nuclear aircraft. As in­
dicated previously, the use of gaseous fission 
reactors greatly reduces shielding requir,ements 
after landing. The higher performance strip 
thus would almost certainly be easier to handle 
and require less extensive ground facilities than 
either a solid core nuclear rocket or a nu,~lear 
aircraft. 

An extensive shielding analysis will not be 
presented here, but a few remarks based on 
the References (which did not consider gaseous 
fission reactors in detail) are appropriate. A 
cursory analysis of the effects of the greater 
energies inherent in higher specific impulses 
and high velocity ·increments indicates no sub­
stantial effect on shield weight. This is prim­
arily due to the logarithmic effects of shield 
thickness; a little more shield thickness g:ives 
a lot more protection if the shield was alr,eady 
thick enough to have reduced the flux by many 
orders of magnitude. If this were not so, the 
shield weights on electrical propulsion systems 
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would be completely prohibitive since such 
systems use much more energy to achieve 

. l f lb equ1va ent per ormance The effects of major 
solar bursts are confused at the present time. 
If they do remain a problem (there is some 
evidence that even major bursts may not be). 
then the very short flight times or out-of-ecliptic 
capabilities possible with high performance gase­
ous fission ships becomes even more desirable. 

Other Propulsion System Considerations 

The propulsion system thrust-weight ratios 
of Figures 8 through 10 are still somewhat tenta­
tive. Even though these curves are approximate, 
it does appear firm that high temperature radia­
tors are fundamentally important. The thrust­
weight ratio will decrease at the higher specific 
impulses, but perhaps not as much as indicated 
due to two strong compensating effects not in,,. 
eluded. These are the decrease in pump weight 
due to the lower fuel flow rates required at high 
specific impulses, and the decrease in reactor 
size due to the smaller radiant plasma area re­
quired to generate the necessary power at high 
temperatures. An interesting sidelight of the 
latter point is that the throttling of gaseous fis­
sion rockets may involve unusual design tech­
niques since the power per unit plasma radiant 
area is constant at a given temperature, and 
hence some area must be removed from effective 
radiation in order to throttle at a constant speci­
fic impulse. Unless these effects cause the 
thrust-weight ratio to become almost independent 
of specific impulse, however, there will be an 
interest in multiple use engines which carry both 
the radiator required for high specific impulse 
and the pumps required for higher thrust at low 
specific impulse. Such ships can then take off on 
the highest thrust mode, and switch to the high 
specific impulse mode after orbital speed is 
attained·. One example of the effect of carrying 
such extra radiator area, compared to designing 
an optimum engine for each specific impulse, is 
shown in Figure 13. It is practical to consider 
such two-phase engines. Figures 12 and 13 are 
not consistent. Figure 12 was derived assuming 
substantially higher thrust-weight ratios than 
even the peak values of Figure 13, and no attempt 
was made to analyze two-phase engine operation. 
A more accurate derivation of Figure 13, follow­
ed by a re-derivation of Figure 12, would yield 
more accurate spaceship design parameters, 

One other interesting fact arises from the 
gaseous fission thrust-weight values presented. 
It is normally considered that such rockets would 
use hydrogen as a propellant. As long as radia­
tors could not be used to improve gaseous fission 
reactor specific impulse due to their weight, it 
was still important to use hydrogen, both because 
of the relatively high specific impulse it provides 
for a given structural temperature, and also the 
high heat capacity, and, therefore, degree of re­
generative cooling which it permits for a given 
structural temperature. It is clear that these 
restrictions do not apply for high temperature 



radiators. It is thus interesting to look at more 
suitable propellants from the point of view of 
cost, density, and space storability. ,Many 
substances come to mind, such as diborane, 
ammonia, or the most convenient of all, water. 
Availability on other planets might well become 
the single governing item on propellant s,elec­
tion. The performance of a gaseous fiss,ion 
reactor operating on water, compared ta, op­
erating on hydrogen, is shown approximately in 
Figure 14. This curve does not utilize a.n ac­
curate estimate of enthalpy of water at high 
temperatures, but is probably a lower limit 
since complicated dissociation modes at high 
temperatures were ignored. In addition,, allow­
ance was not made for the fact that wate:r pumps 
would be of considerably lighter weight than 
hydrogen pumps for these systems. It i 1s clear 
that the water rocket should be actively pursued. 

CONCLUSIONS 

The capabilities of nuclear rockets ,are 
such that they possess great potential for 
future manned space flights. 

Utilization of solid core nuclear fission 
rockets of the Rover type as upper stage,s on 
chemical vehicles gives substantial performance 
improvements. This development is justified. 

Total velocities of several hundred thousand 
feet per second, with payloads sufficiently large 
for manned operations, will be required for 
future solar system exploration. Gaseous fis­
sion rockets possess the theoretical capability 
of achieving this performance economic,tlly. 

The single- stage vehicles of high perform­
ance potentially achievable with gaseous fission 
rockets should be eminently suitable for manned 
exploration, due to overall vehicle simplicity, 
economy of operation, and versatility. Empha­
sis on very high spe'ed capability is a better way 
to assure long useful life than emphasis on very 
large payload capability. 

Relatively new concepts in gaseous fission 
reactor design involving the heating of t!be pro­
pellant by radiation from the fission plasma 
show promise as reactor design concepts . High 
temperature r adiators appear to be the key to 
the achievement of high thrust-weight ratios at 
high specific impulses with these systems. 
Appropriate research is desirable in these 
areas. 

The improvement in thrust- weight iratio 
with high temperature radiators re-opens the 
question of propellants other than hydrogen. 
Water, in particular, should be investig:ated. 

Research and development efforts e,hould, 
in general, be concentrated where the potential 

pay-off is greatest. Single stage, very high 
velocity spaceships are almost the toughest 
competitors imaginable in the solar arena. To 
be unprepared for their advent could be some­
what more than disadvantageous. 
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MANNED LUNAR LANDING VIA RENDEZVOUS 

Fred E . Digesu 
Chief , Advanced Stud1es Branch 

Astr1onics Divi sion 
George C. Marshall Space Flight Cente r 

In any mission description, the vehicles. the 
flight profiles, and the astrionics hardware to im­
plement the mission are all tightly inter woven 
things . A final result evolves only after many 
iterations to the solution are made. This paper 
will describe one of these iterations in the Saturn 
C-5 Earth Orbit Rendezvous approach to the 
Manned Lunar Landing Program. Since the 1ter­
at1on to be described in an nth one, there exists 
some basis for the hope that the perturbation from 
the final solution is small. 

This paper is not concerned with the landing 
itself, but only with those operations leading to 
injection of the space craft into the lunar trans­
fer trajectory . However, as is to be expected, 
it is the target conditions which set the pace for 
the overall operation. The entire operation must 
be sized to culminate at a time and place which 
places the lunar target in an attainable position . 
The procedure would call for a burst of activity 
lasting over a relatively shor t time as compared 
to the long and extensive preparations leading up 
to it. 

The act1 v1ty must be aimed at the opening of 
the lunar "launch window" . Figure 1 illustrates 
the variation in the velocity increment required 
to launch a vehicle into a lunar transfer trajector y 
from a 485 kilome ter earth orbit. The minima 
are at irregularly spaced intervals and are a func ­
tion of the inclination of the lunar and the earth 
satellite planes and of the position of the moon in 
1ts orbit around the earth (i.e., the day of the 
month) . In an o perations analysis the se spacings 
will influence the number of vehicles on the launch 
pad (primary and back - up) , their state of readi­
ness, the firing rate, and also the flight profile to 
be chosen. Whether it 1s decided to go by "con­
nect.ing" or by "tanking" mode, the objective must 
be to get the spacecraft in the launch ready state 
at the opemng of one of these launch windows. It 
may be desired that the first vehicle be capable of 
remaining in a functionally capable state even after 
bridging one or more o! the gaps between the 
windows . This consideration will influence the 
des1gn of the vehicles as well as the operational 
modes to be designed into the flight control hard­
ware . For example, a sleep switch may be de­
sir able from the standpoint of savings in battery 
weight. 

The Flight Profile 

With the end objective in mind. let us start to 
deHne the flight profile . 
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Fir st it can be established that the "parking 
orbit" technique is the des ired approach. This is 
dictated by the possible lift - off delay of the chaser 
vehicle . If launch from othe r than th e equator is 
considered. th ere is a two fold cons t r a int upon 
the lift-off time . These a r e: 

1. The chaser and ta rge t o r bits are coplanar 
( "dog- leg" r equir ement) . 

2 . That chaser and tar get meet at the same 
point in space and time . 

( Phase Requir ement) 

It is possible to meet both of thes e require ­
ments (even when launch is not in the equator ial 
plane ) by so called "Rendezvous Compatible 
Orbits" . These are orbits whose per iods are an 
integral division of the ear th sideral per iod . Thus , 
they can be designed such t hat, for ins tance, once 
a day the satellite target will appear over a given 
earth subpoint. Since, however, this condition 
holds for only an instant of time, a "direct as ­
cent" r endezvous would pr esume zer o launch delay 
time. The velocity penalty fo r lilt- off delay can 
be placed into two categor ies. 

1. That required to "dog-leg back into the 
tar get plane" . 

2 . That r equired to "catch up" with the 
target. 

The "dog-le g" requirement ver sus t ime 
( plotted in terms of velocity inc r ement, AV) for 
a chaser launched at 90 degrees azimuth from 
Cape Canaveral into a 225 kilometer o r bit in­
clined at 28. 3 degrees to the equator is shown in 
Figur e 2. If a variable azimuth launch for the 
second vehicle is pr esumed, the cur ve takes the 
shape indicated in Figur e 3 . 

In the second categor y, the "catch up" maneu­
ver manifest s ~t self in essentially an off optim um 
a scent trajector y for the second vehicle. The t:, V 
penalty versus time for launch delay of a vehicle 
to meet the target depends on the ability to opt i ­
mally guide to the desi1·ed end condit ions . For 
one minute launch delay the cost can be of the 
order of 80 m/sec to meet a target in a 250 n . mi. 
orbit. 

It can be seen that t he second constr aint poses 
a stiff requirement upon lift- off delay, while the 
first is a much more lenient restriction . 



Since lift off delays are inevitable (the present 
best est imate for Saturn is that launch delays up 
to fifteen minutes are possible, even in the oper­
ational version, not con side ring the manned as -
pect) it is clear that launch into the plane o! the 
first vehicle be the designing criterion and that 
other less expe1:\sive means be found for the phas­
ing problem. 

It turns out that a parking orbit for the chase1 
meets t he r equirements . If t he orbits of the two 
vehicles are of different altitudes, the period dif­
ference automatically causes a catch up in phase. 
When the proper constellation is reached (Figure 
4) the chaser can be injected into a Hohmann 
t r ansfer e llipse to rendezvous with the target. 0£ 
course launch delays can occur e,ven here, but 
these can be shown to be much less severe . Con­
sider Figure 5. The AV required for transfer of 
the chaser from the lower to the upper orbit can 
be shown as a fonction of the central angle tra­
versed ( from perigee) by the chaser. This can be 
translated into " lead angle" deviation from nom­
inal by the targe,t, which in turn (due to the dif­
ference in angular velocity of the two vehicles) 
can be plotted an t;.V penalty versus chaser launch 
delay time, as is shown in Figure 5. 

A parking orbit for the chaser can therefore 
be established as a requirement. 

The next consideration concerns the sequence 
of launchings, manned first or second? This has 
ramifications in tracking requirements as well as 
abort precautions for the manned vehicle, since a 
variable a %imuth launch will be mandatory £or the 
second vehicle. 

There are, however, two primary factors to 
be considered . 

I. That main should not be committed until 
as late as possible in the operation , and 

2 . The first vehicle may have a prolonged 
orbit stay time. This means that (a) it must be 
penalized with he·avy insulation and micrometeo­
rite protect ion, and (b) the possibility must exist 
for turning off all equipment so that weight savings 
in the primary power source can be attained. 
Thus , the unmanned vehicle should go first . 

The question as to which vehicle {the manned 
or the unmanned) should do the orbital maneuver -
ing would tend to indicate a profit in propellant if 
the lighter of the two were the chaser. Since the 
maneuvering will probably be done with auxiliary 
propulsion systerns·with lower specific impulse 
than the primary propulsion, and since the chaser 
will be required t.o take the penalty of the reserve 
t;.V's in the velocity budget, it would seem exped­
ient not to thus burden the manned vehicle . 

The desirability of the tanker being the chaser 
in the Tanking Mode can be established; while evi ­
dence seems to favor the R-1 vehicle being the 
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chaser in the Connecting Mode, it is not quite so 
conclusive as in the Tanker case. 

The point of view taken here is that the un­
manned vehicle does the maneuvering amd that 
this maneuvering in the terminal ( that is, the 
actual rendezvous phase) is done under close 
radio and radar supervision of the manned vehi­
cle, It is quite likely that the actual dcicking 
(that is, from the last (ew feet up to mating of 
the vehicles) will be done by "man acrc,ss the 
loop" . 

We are now in a position to establish the 
ope rational flight profile. 

The unmanned vehicle is launched into the 
lower parking orbit. The lead time over the 
opening of the Lunar Launch window willl be de­
termined by the nominal time required to ready 
and launch the second (manned) vehicle.. The 
stay time in the parking orbit can vary from as 
little as an hour or two, to as much as ten days. 
This is , of course, a direct function of the firing 
rate at the cape, lift-of£ delay of the second 
vehicle (and thus the phasing which must be done) 
and the opening of the first and subsequent (if 
necessary) lunar launch window. 

Provision will be made for a chaser "mid­
course" maneuver. This midcourse correction 
is defined as that impulse which either ( l) injects 
the chaser into the perigee of a Hohmann trans­
fer up to target acquisition point, or (2) corrects 
the existing chasing ellipse so that chaser will 
come into nominal target acquisition conditions. 
Thus, it can be seen that the question of a cir­
cular versus elliptical parking orbit looses sig­
nificance as far as guidance is concerned. 

The manned vehicle will be placed into the 
higher orbit by a launc h phase which injects it 
into the perigee of a transfer ellipse with a sub­
sequent circularizing apogee kick. Gro•Wld 
tracking will establish the two ephemerides and 
ground computation will determine the t"ime, 
magnitude, and the direction of the chaser mid­
course impulse. 

The chaser ascent ellipse is so desi gned that 
at nominal acquisition range of 40 kilometers the 
relative closing velocity is 63 m/s and the angu­
lar rate of the line of sight in inertial space is 
zero. See Figure 6. The guidance logic is to 
hold the line of sight rate zero (thus maintaining 
a collision course) while breaking the cl,osing 
velocity to essentially zero at some small dis­
tance ahead of the target. It is to be noted that 
this breaking thrust is m actuality boosting the 
chaser into the higher energy orbit and for the 
normal case is essentially nothing but a well 
timed apogee kick. 

Docking can be accomplished by allowing a 
small closing velocity to remain after the ren­

dezvous thrust. Alternately, the chaser can be 
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brought to a virtual stop and the vehicles guided 
together uncle r the close supervision of the man 
across the loop. In either case the touching ve­
locities and the docking dynamics will be very 
much determined by the close in accuracy of the 
sensors and it is quite likely that some form of 
optical sensor, perhaps TV, will have to be used 
for this phase . 

After docking, and loxing in the case of the 
tanking mode, the space craft must be checked 
out and counted down for orbital launch. Although 
a given lunar launch window may be open for sev­
eral hours, the actual orbital launch point will be 
optimum at only one place in the orbit. Specifi­
cally this me;ins that inside of the larger launch 
window are s1maller windows (in the order of sev­
eral minutes) which occur once each orbit. The 
actual launch must take place inside these smaller 
launch windows, and since these windows appear 
at about one and a half hours intervals, provision 
for extended Launch ready standby as well as up­
dating of the ;guidance system must be made. This 
will be required if holds are encountered which 
cause misses of these windows. 

Velocity Budgets and Error Analysis 

Earlier in this paper, mention was made of 
the propellant contingency which must be designea 
into the chas1~r. This section will point out those 
places where tolerances must be designed in and 
will indicate the propellant contingency require­
ment in the form of a velocity budget. A detailed 
description of the analyses made is beyon-0 the 
intent of this paper. However , it is felt that a 
description of the overall approach which was 
taken to establish the maneuver velocity budget 
would be informative. The impact of the analysis 
upon vehicle design can be felt when it is realized 
that the chaser burns about l 00 lb'3. of propellant 
per meter per second velocity increment. 

Error sources which contribute to the velocity 
budget must be analyzed in detail and in them­
selves are an interplay between operational anal­
yses, guidance scheme and hardware inaccuracy, 
navigational uncertainties, and the influence of 
physical phenomena upon the flight profile. 

Under the heading of operational analysis we 
have the earth and orbital launch window influence. 
The effect of launch delay in the required velocity 
has already been shown. It remains that a figure 
of merit for the launch operation be established. 
This in itself requires a detailed evaluation of 
checkout and countdown procedures. The degree 
to which automation is involved in the countdown 
must be evaluated, among other things against 
the number of operations to be done, the number 
of checks which are to be made, and the length of 
time the various subsystems can be expected to 
reliably rem,ain in the launch ready state. As has 
been already mentioned, the tolerance upon Saturn 
launch is established (at least for purposes of 
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mission analysis) as 15 minutes . The: probability 
of liftoff is a constant over the 15 minute interval. 

A mitigating circumstance is that: the Saturn 
ascending bur n is long enough (that is , the central 
angle traversed is large enough) so that the man­
euver of doglegging on the way up begins to pay 
off. In other words, the turning is done at the 
rel atively lower velocities and, as is indicated in 
Figure 7 , an overall saving in t:.V can be made. 
This is being investigated within the framework of 
the Saturn path adaptive guidance concept and thus 
the notion of variable azimuth launch begins to 
include the idea of some variation in the azimuth 
during Saturn boost to injection. 

Two things come immediately to mind under 
the heading of the influence of physical phenomena. 
These are (I) the effect of atmospheric drag upon 
the lower ve111cle, and (Z) the differe1nce in the 
nodal regression rates of the orbital planes of the 
upper and the lower vehicles . 

The lower orbital altitude is a compromise 
between vehicle performance, remaining atmos­
pnenc drag, and the desirable difference in period 
between the upper and the lower veni<:les (i. e, 
the "stalking" rate) . At the lower orbits con­
sidered, the air density is appreciable but its 
magnitude is unknown to the extent that calculations 
of orbit lifetime must be given a tolerance of SU%. 

This is an error source which must be accounted 
for in the velocity budget. 

The regression of the nodes of satelhte is , 
as is well known, due Lo anomalies in the attract­
ing body's gravitational field. For the earth these 
regression rates are a function of the inclination 
of the satellite and earth equatorial plane and of 
the orbital altitude of the satellite, a.nd can be 
fairly well predicted. Figure 8 shows the nodal 
regression rate as a function of altitude £or an 
orbital inclination of ZS. 3 degrees to the equator . 
This shows that the difference in rates can lead 
to an inclination of 1. l degrees between Target 
and Chaser orbital planes for a stay time of one 
day . This, of course , translates into a dogleg 
requirement £or the chase r which m1ust be bud­
geted, 

The velocity budget for hardware and scheme 
errors can be determined by the following 
approach . 

An analysis of the accuracy with which the 
target and chaser can be injected into their re ­
spective orbits is made after error distributions 
of the guidance components and of the guidance 
schemes have been established. This will in­
dicate what must be added to the nominal t:,. V for 
transfer between the nominal orbits . 

Next an error analysis is made of the ac ­
curacy with which ground tracking can establish 
the ephemerides of the two vehicles . A corre­

lation of the accuracy with which the chaser 



hardware can deliver the midcourse maneuver im­
pulse is then made to establish the accur acy with 
which the chaser can be inject ed into i t s transfer 
ellipse. Thi s is in turn reflected int o the devia­
t ion of the chaser from its nominal at the target 
radar acquisition point. Error in tar get o r b i t 
determinat ion can be analyzed as being deviat ion 
of the chaser stat e variables from nominal a t the 
acquisit ion point . 

Having now established an error s pace at 
radar acquisition point, the e r ror anal ysis pro­
ceeds to establish th e vel ocity b udget for the term ­
inal phase. These errors fall int o the two cate­
gories of hardware and s cheme. Since the rendez ­
vous g uidance is basically a homing technique, the 
errors are convergent and the attainabl e end con­
ditions (docking vel ocity zero at a given relative 
range) are directly functions of the close up sen­
sor accuracy. Accuracy at t he longer ranges 
(as well as dispersions from nominal conditions 
a t acquisition) can be visualized as causing ex­
t raneous maneuvering which resul ts in over e x­
pendit ure of vel ocity increment s . 

The accuracy required of the sensors close 
up can be analyzed in a docking dynamics study 
as shown in Figure 9 . 

Let it be hypothesized that the conditions ne­
cessary for docking are that the cone t i p and ve­
l ocity vector of the chaser enter the cone of the 
target. (These are, of course , not sufficient con­
ditions since relative closing velocity, cone a ngl e, 
and friction coefficients will dete r mine the cone 
penetr a t ion and thus the actual docking and 
latching) . 

The hypothesized necessary conditions can be 
thought of as guidance criteria which can be used 
to define the sensor inaccuraci es (as well as the 
minimum controllabl e impulse and cut off dis -
persion) as i llustrat ed in Figure I 0 . 

rlardware Instrumentation 

This section will discuss the various items of 
the Saturn instrumentation package and their 
functional use in the given flight p r ofil e . 

Consider the tanking mode and the unmanned 
tanker first launch. The instrumentation package 
is contained in the instrument unit shown in F'igure 
11. A typical component layout is shown in block 
diagram form in Figure 12, where the basic 
Saturn inertial gui dance and control system is 
enclosed by a dotted line. 

The inertial unit is a four gimbal , full angu ­
lar freedom, platform stabilized in inertial space 
by three air bearing gyros . Three mutually or -
thogonal pendulum integrating gyro accelerometers 
are mounted on this stabilized reference frame . 
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The guidance computer will be an all solid 
state, core memory type, general purpose com­
puter . Tri p l e redundancy with voting circuitry 
will be employed in order to ensure reliability 
of operation . In addition to the guidance compu­
tation, one of the major functions of the computer 
will be its rol e in the orbital checkout procedure. 

T he Guidance Signal Processor is the input/ 
output box for the computer. The computer com­
municates with this device only. It contains re -
solvers t o transform the Euler angles computed 
in the computer into direction cosines which the 
p l a t form gimbal resolvers translate to the missile 
body axes . In addit ion it can be seen that the GSP 
accept s and distributes the intelligence commands 
generated on board or externally. It thus can be 
thought of as the central distribution point for the 
guidance and control signal flow. 

The control computer contains the servo 
e l ectronics which position the control elements 
(engine throw angle, attitude control jets, etc.) 
in pitch, yaw, and roll in accordance with the 
guidance commands and the error signals resolved 
from the p latform gimbal angles. The control 
computer also contains the electrical shaping 
networks required for rigid and flexual mode 
stability . 

Inj ect ion of the tanker into the lower parking 
orbit is done by the basic Saturn Guidance and 
Cont rol system just described. 

In order to save power in the parking orbit, 
all subsystems except a command receiver and 
a tracking beacon are de-energized and the vehicle 
is permitted to tumble randomly. Shoul d the re­
quired orbit stay time turn out to last for several 
days , a check is maintained on the operational 
hardwar e by subjecting the vehicle to an orbital 
checkout a t least once a day. The orbital check­
out will be initiated by ground request through the 
digital radio command link. See Figure 13. 

The inputs to the high capacity solid state 
mul tipl exer contain all the anal og channels to be 
used in t he checkout. The multiplexer samples 
each channel at preselected rates. An analog to 
digital converter in the Vehicle PCM Telemetry 
System digitizes each analog data sample and 
formating and logic circuitry interlaces other 
data that originated in digital form in the vehicle . 
Thus, each channel of data in the vehicle becomes 
avail;:i.ble for analysis by the spaceborne computer, 
transmission over the telemetry system and/or 
recording in the vehicle for later playback. 

The spaceborne computer is programmed 
with sub-routines for total vehicle checkout, 
stored conditions for channel analysis, and self 
checking sub-routines. The checkout sub-routines 
woul d perform such test as, for example, "static" 
tests (tank pressures, temperatures, vehicle 
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voltages, etc.) "dynamic" tests (such as hard­
ware response to test stimuli) and tests of the 
control and guidance systems (torquing of rate 
gyros, accelerometer readouts, etc . ). The com­
puter would analyze the results for a go-no-go 
decision. In case of a "no-go", some fault iso­
lation could be done by prestored analytical sub­
routines. In other cases these analytical programs 
will have to be transmitted up from the ground and 
into the computer through the radio command 
link. 

The manned vehicle is now launched into orbit. 
Again the primary launch guidance will be the 
inertial system. Injection will be into a "coast 
up" elli}l$e which has an apogee at the oper ational 
orbit attitude. The inertial system will compute 
and direct the velocity increment for the circular­
izing kick in the apogee . This will be verified 
for the astronauts by ground tracking and command 
prior to execution. 

Once in orbit, the ephermis of the manned 
vehicle will be established by ground tracking. 
The time, direction, and magnitude of the veloc -
ity increment required for chaser midcourse will 
be computed on the ground. 

A command to reactivate subsystems is trans­
mitted to the chaser via its radio command link. 
The chaser goes into a search mode until its hori­
zon sensors acquire earth. Once this is done the 
platform is re-erected by the gyro cor 1passing 
t echnique and the ground computed i m pulse is 
transmitted into the chaser guidance computer 
through the radio command link. Thus, at the 
proper time the inertial equipment on the chaser 
supervises and measures the required impulse 
which will place the chaser at the acquisition 
point. 

The target radar acquires the approaching 
chaser near the acquisition point . The radar 
measures the relative range, range rate, and 
bearing angle of the chaser . This information is 
displayed in the capsule, while at the same time 
it is processed in the target computer where the 
stored guidance logic transforms it into velocity 
increment commands for the chaser. These 
commands are sent to the chaser where they are 
executed in much the same manner as was the 
midcourse maneuver. Since the capsule control 
the command link, guidance override and pre­
emption of the command function will be at the 
descretion of the astronaut. 

The docking maneuver has so far been, of 
necessity, studied by analog computer and scale 
models . In this way the impact loading on the 
docking structures, mating mismatches, and 
vehicle dynamics can be studied in terms of the 
threshold inaccuracies of the docking sensors. 
Undoubtedly for the first times in orbit the astro­
nauts will have available much more information 
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than will actually be needed. Radar , optics, TV, 
even a winaow or a periscope! The instrumenta­
tion and actual techniques as well as man's effect 
across the loop can evolve only after actual dock­
ing experimentation in orbit . 

Finally it might be mentioned that by and 
large the job of earth orbital rendezvous can be 
done with relatively conventional approaches to 
the guidance and control hardware . Only modest 
(at most) advances are called upon . Mor e exotic 
implementations like cryogenic gyros and com­
puters can be left for later developmental effort . 
Such exotic systems, while quite attractive for 
talking purposes, are not considered safe risks 
for hard planning purposes as yet. 

It is considered that the overriding philosophy 
for the on board instrumentation will be a require­
ment !or reliability and long life. The greatest 
advances will be required in these areas and it is 
expected that design and testing of components 
will be geared to this goal. 
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PILOT'S FLIGHT REPORT 

by 

John H . Glenn, Jr. 
Astronaut 

Manned Spacecraft Center 
National Aeron.:..utics and Space Administration 

Introduction 

The test objectives for the MA-6 mission of 

Friendship 7, as quoted from the Mission Direc­
tive, were as follows : 

(I) 'Eval uate the performance of a man-space ­
craft system in a three-orbit mission 

(2) Evaluate the effects of space flight on 
the astronaut 

(3) Obtain the astronaut's opinions on the 
operational suitability of the spacecraft 
and supporting systems for manned space 

flight 

These are obviousl y broad objectives. Pre­
vious papers have described in some detail the 
operation of the spacecraft systems and, to a de­
gree, man's integration with these systems. 

My report is concerned mainly with those items 
in all three objectives where man's observation 
capabilities provided information not attained by 
other means . It is in this type of reporting that a 
manned vehicle provides a great advantage over an 
unmanned vehicle, which is often deaf and blind to 
the new and the unexpected. My report, then, will 
stress what I heard, saw, and felt during the orbit­

al night. 

Preparation and Countdown 

Preparation, transfer to the l aunch pad, and 
insertion into the spacecraft went as planned. The 
technicians and I had been through the entry to the 
spacecraft many times. 

As with every countdown, short delays were 
encountered when problems arose. The support 
for the microphone in the helmet, an item that had 
been moved and adjusted literally thousands of 
times, broke and had to be replaced. While the 
spacecraft hatch was being secured, a bolt was 
broken and had to be repaired. During this time 
l was busy going over my checklist and monitoring 
the spacecraft instruments. 

Many people were concerned about my mental 
state during this and earlier delays, which are a 
part of preparation for a manned space flight . 
People have repeatedly asked whether I was afraid 
before the mission. Humans always have fear of 
an unknown situation - this is normal. The impor­
tant thing is what we do about it. If fear is per­
mitted to become a paralyzing thing that int erferes 
with proper action, then it is harmful. The best 

antidote to fear is to know a ll we can about a sit ­
uation. It is lack of knowledge which often mis­
leads peopl e when they try lo imagine the feel ings 
of a astronaut about to launch. During the years 
of preparation for Project Mercury, the unknown 

areas have been shrunk, we feel , to an acceptable 
level. For those who have not had the advantage 
of this training, the unknowns appear huge and 
insurmountabl e, and the level of confidence of the 
uninformed is lowered by an appropriate amount. 

All the members of the Mercury team have 
been working towards this space Oight opportunity 
for a long time . We have not dreaded it; we have 
l ooked forward to it. After 3 years we cannot be 
unduly concerned by a few delays . The important 
consideration is that everything be ready, that 
nothing be jeopardized by haste which can be pre­
served by prudent action. 

The initial unusual experience of the mission 
is that of being on top of the Atlas launch vehicle 
after the gantry has been pulled back. Through 
the periscope, much of Cape Canaveral can be seen. 
If you move back and forth in the couch, you can 
feel the entire vehicle moving very slightly. When 
the engines are gimbaled, you can feel the vibra­
tion . When the tank is filled with l iquid oxygen, 
the spacecraft vibrates and shudders as the metal 
skin flexes . Through the window and periscope the 
white plume of the lox (liquid oxygen) venting is 
visible, 

Launch 

When the countdown reached zero, I could feel 
the engines start. The spacecraft shook, .not vio­
lently but ver y solidly. There was no doubt when 
lift-off occurred. When the Atlas was released 
there was an immediate gentle surge that let you 
know you were on your way. The roll to the correc t 
azimuth was noticeabl e after lift-off. I had preset 
the l ittl e window mirror to watch the ground. 1 
glanced up after lift-off and could see the horizon 
turning. Some vibration occurred immediately 
after lift-off. It smoothed out after about 10 to 15 
seconds of flight but never completely stopped. 
There was still a noticeable amount of vibration 
that continued up to the time the spacecraft passed 
through the maximum aerodynamic pressure or 
maximum q, at approximately T+ 1 minute. The 
approach of maximum q is signal ed by more intense 
vibrations. Force on the outside of the spacecraft 
was calculated at 982 pounds per square foot at this 
time. During this period, 1 was conscious of a dull 
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muffled roar from the engines . Beyond the high q 
area the vibration smoothed out noticeably. How ­
ever, the spacecraft never became completely 
vibration free during powered flight. 

The acceleration buildup was noticeabl e but 
not bothersome. Before the ilight my backup pilot, 
Astronaut Scott Carpenter, had said he thought it 
would feel good to go in a straight-line acceleration 
rather than just in circles as we had in the centri­
fuge and he was right. Booster engine cut-off oc­
curred at 2 minutes 9 . 6 seconds after lift - off. As 
the two outboard engines shut down and were de­
tached, the accel eration dropped but not as shar

1
ply 

as I had anticipated. Instead, it decayed over ap­
proximately 1 /2 second . There is a change in 
noise level and vibration when these engines are 
jettisoned. I saw a flash of smoke out the window 
and thought at first that the escape tower had jet ­
tisoned early and so reported. However, this flash 
was apparently deflected smoke coming up around 
the spacecraft from the booster engines which had 
just separated. The tower was jettisoned at 2 min­
utes, 33. 3 seconds, and I corrected my earlier 
report. I was ready to back up the automatic se­
quencing system if it did not perform correctly and 
counted down the seconds to the time for tower jet­
tisoning. I was looking at the nozzles of the tower 
rockets when they fired . A large cloud of smoke 
came out but little flame. The tower accelerated 
rapidly from the spacecraft in a straight line. I 
watched it to a distance of approximate ly 1 /2 mile. 
The spacecraft was programmed to pitch down 
slowly just prior to jettisoning the tower and this 
maneuver provided my first real view of the hori­
zon and clouds. I could just see clouds and the 
horizon behind the tower as it jettisoned. 

After the tower fired, the spacecraft pitched 
slowly up again and 1 lost sight of the horizon. I 
remember making a comment at about this time 
that the sky was very black. The accerelation 
built up again, but as before, acceleration was not 
a major problem. I could communicate well, up 
to the maximum of 7. 7g at insertion when the sus­
tainer-engine thrust terminates . 

Just before the end of powered flight, there 
was one experience 1 was not expecting . At this 
time the fuel and lox tanks were getting empty and 
apparently the Atlas becomes considerably more 
flexible than when filled . I had the sensation of 
being out on the end of a springboard and could 
feel oscillating motions as if the nose of the law,.ch 
vehicle were waving back and forth slightly. 

Insertion into Orbit 

The noise also increased as the vehicle ap­
proached SEGO (sustainer engine cutoff) . When 
the sustainer engine cutoff :it 5 minutes, 1. 4 sec ­
onds and the accel eration dropped to zero, I had a 
slight sensation of tumbling forward. The 
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astronauts have often had a similar sensation dur -
ing training on the centrifuge. The sensation was 
much less during the ilight, and since the space ­
craft did pitch down at this point it may have been 
a result of actual movement rather than an illusion . 

There was no doubt when the clamp ring be­
tween the Atlas and the Mercury spacecraft fired. 
There was a loud report and I immediately felt the 
force of the posigrade rockets which separate the 
spacecraft frqm the launch vehicle. Prior to the 
flight I had imagined that the ace eleration from 
these three small rockets would be insignificant 
and that we might fail to sense them entirely, but 
there is no doubt when they fire. 

Immediately after separation from the Atlas, 
the autopilot started co turn the spacecraft around. 
As the spacecraft came around to its normal aft 
viewing attitude, I could see the Atlas through the 
window. At the time I estimated that it was "a 
couple of hundred.yards away." After che £light 
an analysis of the trajectory data showed that the 
distance between the launch vehicle and the space­
craft should, at this point, be 600 feet. Close enough 
for a rough estimate. I do not claim that I can 
normally judge distance so close. There was a large 
sized luck factor in the estimate; nevertheless the 
facts do give an indication that man can make an 
adequate judgment at least of short distances to a 
known object in space. This capability will be 
important in future missions in which man "ill 
want to achieve rendezvous, since the pilot will be 
counted on to perform the final closing maneuver. 

I was able to keep the Atlas in sight for 6 or 7 
minutes while it traveled across the Atlantic . The 
last time I reported seeing it the Atlas was approxi­
mately 2 miles behind and I mile below the space­
era ft. It could be seen easily as a bright object 
against the black background of space and later 
against the background of earth. 

Orbit 

The autopilot turned the spacecraft around and 
put it into the proper attitude . After my initial 
contact with Bermuda I received the times for fir­
ing the retrorockets and started the check of the 
controls . This i s a test of the control systems 
aboard the spacecraft. I had practiced it many 
times on the ground in the Mercury procedures 
trainer and the t est went just as it had in the trame r. 
I was elated by the precision with which the test 
progressed. It is quite an intricate check. With 
your right hand you move the control stick, oper­
ating the hydrogen peroxide thruste1· s to move the 
spacecraft in roll, pitch, and yaw. With your left 

hand you switch from one control system to another 
as the spacecraft is manually controlled to a number 
of precise rates and attitudes . 

This experience was the first time I had been 
in complete manual control, and it was very reas­
suring to see not only the spacecrafl react as ex-



pected, but also to see that my own ability to con­
trol was as we had hoped. 

Following this controls check I went back to 
autopilot control and the spacecraft operated prop­
erly on autopilot throughout the first orbit. 

Thruster Problem 

Because of a malfunction in a low-torque 
thr uster at the end of the first orbit, it was nee -
es sary to control the spac_ecraft manually for the 
last two orbits. This requirement introduced no 
serious problems, and actually provided me with 
an opportunity to demonstrate what a man can do 
in controlling a spacecraft. However, it limited 
the time that could be spent on many of the experi­
ments I had hoped to carry out during the flight. 

Flight Plan 

The Mercury flight plan during the first orbit 
was to maintain optimum spacecraft attitude for 
radar tracking and communication checks . This 
plan would provide good trajectory information as 
early as possible and would give me a chance to 
adapt to these new conditions if such was necessary. 
Other observations and tasks were to be accom­
plished mainly on the second and third orbits . 
Since the thruster problem made it necessary for 
me to control manually during most of the second 
and third orbits, several of the planned observa­
tions and experiments were not accomplished. 

Attitude Reference 

A number of questions have been raised over 
the ability of a man to use the earth's horizon as 
a referelilce for controlling the attitude of the space 
vehicle. 

Throughout this flight no trouble in seeing the 
horizon was encountered. During the day the earth 
is bright and the background of space is dark. The 
horizon is vividly marked. At night, before the 
moon is up, the horizon can still be seen against 
the background of stars. After the moon rises • 
(during this flight the moon was full), the earth is 
well enough lighted so that the horizon can be 

clearly seen. 

With this horizon as a reference, the pitch and 
roll attitudes of the spacecraft can easily be con­
trolled. The window can be positioned where you 
want it. Yaw, or heading reference, however, is 
not so good. I believe that there was a l earning 
period during the flight regarding my ability to 
determine yaw. Use of the view through the win­
dow and periscope gradually improved. 

To determine yaw in the spacecraft, advantage 
must be taken of the speed of the spacecraft over 
the earth which produces an apparent drift of the 
ground below the spacecraft. When the spacecraft 
is properly oriented, facing a l ong the plane of the 

orbit, the ground appears to move paralle l to the 
spacecraft l ongitudinal a.xis . During the flight I 
developed a procedure which seemed to help me 
use this terrain drift as a yaw reference. I would 
pitch the small end of the spacecraft down to about 
-60° from the normal attitude where a fairly good 
vertical view was availabl e . In this attitude, clouds 
and land moving out from under me had more ap­
parent motion than when the spacecraft was in its 
normal orbit attitude and I looked off toward the 
horizon. 

At night with the full moon illuminating the 
clouds below, I could still determine yaw through 
the window but not as rapidly as in the daytime. 
At night I could also use the drift of the stars to 
determine heading but this took longer and was less 
accurate . 

Throughout the flight I preferred the window 
to the periscope as an attitude reference system. 
It seemed to take longer to adjust yaw by using 
the periscope on the day side. At night, the cloud 
illumination by the moon is too dim to be seen well 
through the periscope. 

Three times during the flight I turned the space ­
craft approximately 180° in yaw and faced forward 
in the direction of flight. I liked this attitude-see­
ing where I was going rather than where I bad been­
much better . As a result of these maneuvers my 
instrument reference system gave me an inaccurate 
attitude indication. · It was easy to determine the 
proper attitude, however, fr~m reference to the 
horizon through the window or to the periscope . 
Maintaining orientation was no problem, but I 
believe that the pilot automatically relies much 
more completely on vision in sapce than he does in 
an airplane, where gravity cues are available. The 
success with which I was able to control the space­
craft at all times was, to me, one of the most sig­
nificant features of the flight. 

Weightlessness 

Weightlessness was a pleasant experience. I 
reported I felt fine as soon as the spacecraft sepa­
rated from the launch vehicle, and throughout the 
flight this feeling continued to be the same. 

Approximately every 30 minutes throughout 
the flight I went through a series of exercises to 
determine whether weightlessness was effecting 
me in any way. To see if head movement in a zero 
g environment produced any sy.mptoms of nausea 
or vertigo, I tried first moving, then shaking my 
head from side to side, up and down, and tilting it. 
from shoulder to shoulder . In other words, moving 
my head in roll, pitch, and yaw. I began slowly, 
but as the flight progressed, I moved my head more 
rapidly and vigorously until at the end of the flight' 
I was moving as rapidly as my pressure suit would 
allow. In figure 12-1 the camera has caught me 
in the middle of this test, and this photograph 
shows the extent to which I was moving my head. 
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1n another test, using only eye 'motions, I 

tracked a rapidly moving spot of l ight generated 
by my finger-tip lights. I had no problem watching 
the spot and once again no sensations of diz:dness 
or nausea . A small eye chart was included on the 

instrument panel, with l etters of varying si:ie and 
with a "spoked wheel" pattern to check both gen­
eral vision and any tendency toward astigmatism. 
No change from normal was apparent. 

An "oculogyric test" was made in which turn­
ing rates 0£ the spacecraft were correlated with 
sensations and eye movements . Results were nor ­
mal. Preflight experience in this test and a cali­
bration had been made at t he Naval School of Avi­
ation Medicine, P ensacola, Fla. , with Dr . Ashton 
G raybiel, so that I was thoroughly familiar with 
my reactions to these same movements at l g . 

To provide medical data on the Cardiovascular 
system, at interval s, I did an exercise which con­
sisted of pulling on a bungee cord once a se,cond for 
30 seconds . This exercise provided a known work­
load to compare with previous similar t ests made 
on the ground. The flight surgeons have re ported 
the effect that this had on my pulse and blood pres­
sure. The effect that it had on me during the flight 
was the same effect that is had on the ground- - it 
made me tired. 

Another experiment related to the poss.ible 
medical effects of weightlessness was eatin,g in 
orbit . (See fig . 12-2. ) On the relatively short flight 
of Friendship 7, eating was not a necessity, but 
rather an attempt to determine whether there would 
be any problem in consuming and digesting food in 
a weightless state . At no time did I have a ny diffi­
culty eating. I believe that any type of food can be 
eaten as long as it does not come apart easily or 
make crumbs. Prior to the flight, we joked about 
taking along some normal food such as a ha:m sand­
wich. 1 think this would be practical and should be 
tried. 

Sittir.g in the spacecraft under zero g is more 
pleasant than under l g on the ground, since you 
are not subject to any pressure points. I felt that 
I adapted very rapidly to weightlessness . 1 had no 
tendency to overreach nor did I experience any 
other sign of l ack of coordination, even on the fir st 
movements after separation. 1 found myself uncon­
sciously taking advantage of the weightl ess ,:ondi­
tion, as when I would l eave a camera or sorne other 
object floating in space while I attended to other 
matters . This was not done as a preplanned ma­
neuver but as a spur-of-the-moment thing w4en an­
other system needed my attention. I thought later 
about how I had done this as naturally as if I were 
laying the camera on a table in a 1 g fiel d. It 
pointedly illustrates how rapidly adaptable the hu­
ma.n is, even to something as foreign as we:tght­
l essness . (See fig . 12-3. ) 

We discovered from this flight that son-1e prob­
l ems are still to be solved in properl y determining 
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how to stow and secure equipment that is used in a 
space vehicle . I had brought along a number of in­
struments, such as, cameras, binoculars, and a 
photometer, with which to make observati ons from 
the spacecraft. All of these were stowed in a ditty 
bag by m y right arm. Each piece of equipment had 
a 3-foot piece of line attached t o it. By the time i 
had started using items of the equipment, these 
lines became tangled. Although these lines got in 
the way, it was still important to have some way of 
se0uring the equipment, as I found out when I at­
tempted to change film. The small canisters of film 
were not tied to the ditty bag by lines. I l eft one 
floating in midair while working with the camera, 
and when 1 reached for it, I accidentall y hit it and 
it floated out of sight behind the instrument panel. 

Color and Light 

As I looked back at the earth from space, col­
ors and light intensities were much the same as 
I had observed when flying at high altitude in an 
airplane. The colors observed when looking down 
at the ground appeard similar to those seen from 
50,000 feet. When looking toward the horizon, 
however, the view is completely different, for then 
the blackness of space contrasts vividly with the 
brightness of the earth. The horizon itself is a 
brilliant, brilliant blue and white . 

It was surprising how much of the earth's sur­
face was covered by clouds. The clouds can be 
seen very clearly on the daylight side. The differ­

ent types of: clouds- -vertical developments, stratus 
clouds, and cumulus clouds--are readily distin­
guished. There is l ittle problem identifying them 
or in seeing the weather patterns . You can esti­
mate the relative heights of the cloud layers from 
your knowl edge of the types or from the shadows 
the high clouds cast on those lower down. These 
observations are representative of information 
which the scientists of the U.S. Weather Bureau 
Meteorological Satellite Laboratory had asked 
Project Mercury to determine. They are interested 
in improving the optical equipment in their Tiros 
and Nimbus satellites and would like' to know if they 
could determine the altitude of cloud layers with 
better optical resolution. From my flight I would 
say it is quite possible to determine cloud heights 
from this orbital altitude. (See figs. 12-4 to 12-8.) 

Only a few land areas were visible during the 
flight because of the cloud cover. Clouds were 
over much of the Atlantic, but the western (Sahara 
Desert) part of Africa was clear. As I passed over 
it the fir st time I took the picture shown i.n figure 
12-9. In this desert region I could plainly see dust 
storms . By the time I got to the east coast of 

Africa where I might have been able to see towns, 
the l and was covered by clouds. The Indian Ocean 
was the same. 

Western Australia was clear, but the eastern 
half was overcast. Most of the area across Mexico 
and nearly to New Orleans was covered with high 



cirrus clouds. As I came across the Un:ited States 
I could see New Orleans, Charleston and Savannah 
very clearly. I could also see rivers and l akes. 
I think the best view I had of any land area during 
the ilight was the clear desert region around El 
Paso on the second pass across the United States . 
I could see the colors of the desert and the irri­
gated area north of El Paso. As I passed off the 
east coast of the United States I could se,e across 
Florida and far back along the Gulf Coast. (See 
figs . 12-10 and 12-11 . ) 

Over the Atlantic I saw what I asswne was the 
Gulf Str earn . The different colors of the water are 
clearly visible. 

I also observed what was probably tbe wake of 
a ship. As I was passing over the recovery area 
at the end of the second orbit, I looked down at the 
water and saw a little "V". I checked the map. I 
was over recovery area G at the time, so I think 
it was probably the wake from a recovery ship. 
When I looked again the little "V" was under a 
cloud. The change in light reflections ca.used by 
the wake of a ship are sometimes visible for long 
distances from an airplane and will linger for 
miles behind a ship. This wake was probably what 
was visible. 

I believe, however, that most people have an 
erroneous conception that from orbital altitude, 
little detail can be seen. In clear desert air, it 
is common to see a mountain range 100 a,r so 
miles away very clearly, and all that vision is 
through atmosphere. From orbital altitude, at­
mospheric light attenuation is only through ap­
proximately 100,000 feet of atmosphere so it is 
even more clear. An interesting experinnent for 
future flights can be to determine visibility of ob­
jects of different sizes, colors, and shapes . 

Obviously, on the night side of the earth, much 
less was visible. This may have been due not only 
to the reduced light, but also partly to the fact that 
I was never fully dark adapted. In the bright light 
of the full moon, the clouds are visible. I could 
see vertical development at night. Most of the 
cloudy areas, however, appeared to be stratoform. 

The lights of the city of Perth, in Wes tern 
Australia, were on and I could see them well. The 
view was similar to that seen when flying at high 
altitude at night over a small town. South of Perth 
there was a small group of lights, but the:y were 
much brighter in intensity. Wand there was a 
series of four or five towns lying in a line~ running 
from east to west. Knowing that Perth was on the 
coast, I was just barely able to see the coastline 
of Australia. Clouds covered the area of eastern 
Australia around Woomera, and I saw nothing but 
clouds from there across the Pacific until I was 
east of Hawaii. There appeared to be almost solid 
cloud cover all the way. 

Just off the east coast of Africa were two large 
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storm areas. Weather Bureau scientists had 
wondered whether lightnin~ could be seen on the 
night side, and it certainly can. A large storm 
was visible just north of my track over the Indian 
Ocean and a smaller one to the south. Lightning 
could be seen flashing back and forth between the 
clouds but most prominent were lightning flashes 
within thunderheads illuminating them like light 
bulbs . 

Some of the most spectacular sights during 
the flight were sunsets. The sunsets always oc ­
curred slightly to my left, and I turned the space­
craft to get a better view. The sunlight coming 
in the window was very brilliant, with an intense 
clear white light that reminded me of the arc lights 
while the spacecraft was on the launching pad. 

I watched the first sunset through the photome­
ter (fig. 12-12) which had a pol arizing filter on the 
front so that the intensity of the sun could be re ­
duced to a comfortabl e level for viewing. Later I 
found that by squinting, I could look directly at the 
sun with no i ll effects, just as I can from the sur­
face of the earth. This accomplished little of value 
but does give an id ea of intensity. 

The sun is perfectly round as it approaches 
the horizon. It retains most of its symmetry un­
til just the last sliver is visible . The horizon on 
each side of the sun is extremely bright, and when 
the sun has gone dow;i to the level of this bright 
band of the horizon, it seems ~o spread out to each 
side of the point where it is setting . With the 
camera I caught the flattening of the sun just be -
fore it set (fig. 12-13 (b)). This is a phenomenon 
of some interest to the astronomers. 

As the sun moves toward the horizon, a black 
shadow of darkness moves across the earth until 
the whole surface, except for the bright band at 
the horizon, is dark. This band is extremely 
bright just as the sun sets, but as time passes the 
bottom layer becomes a bright orange and fades 
into reds, then on into the darker colors, and 
finally of£ into the blues and blacks. One thing 
that surprised me was the distance the l ight extends 
on the horizon on each side of the point of the sun­
set. The series of pictures shown in figures 12-
13 and 12- 14 illustrates the sequence of this or­
bital twilight. I think that the eye can see a little 
more of the sunset color band than the camera 
captures. One point of interest was the length of 
time during which the orbital twilight persisted . 
Light was visible along the horizon for 4 to 5 min­
utes after the sunset, a long time when you con­
sider that sunset occurred 18 times faster than 
normal. 

The period immediatel y following sunset was 
of special interest to the astronomers . Because 
of atmospheric light scattering, it is not possible 
to study the region close to the sun except at the 
time of a solar eclipse. It had been hoped that 
from above the atmosphere the area c l ose to the 



sun could be observed. However, this would re ­
quire a period of dark adaptatio n prior to sunset. 
An eye patch had been devel oped for this purpose, 
which was to bt! held in place by special tape. 
This patch was expected to per mit one eye to be 
night adapted prior to sunset. Unfortunate! y, the 
tape proved unsatisfactory and I could not use the 
eye patch. Observations of the sun's corona and 
zodiacal l ight rnust await future flights when the 
pilot may have an opportunity to get more fully 
dark adapted prior to sunset. 

Another experiment sugges ted by our advisors 
in astronomy was to obtain ultraviolet spectro­
graphs of the stars in the belt and sword of Orion. 
The ozone layer of the earth's atmosphere will not 
pass ultraviol et light below 3 , 000 angstroms . The 
spacecraft window will pass light down to 2,000 
angstroms. It is possible, therefore, to get pic ­
tures of the stars from the Mercury spacecraft 
which cannot be duplicated by the largest tel e­
scopes on the ground. Several ultraviol et spectro­
graphs were ta.ken of the stars in the belt of Orion. 
They arc being studied at the present time to see 
whether useful information was obtained. 

The bigge,st surprise of th e flight occurred at 
dawn. Coming out of the nig!:t on the first orbit , 
at the first gli1nt of sunlight on the spacecraft, I 
was looking inside the spacecraft checking instru­
ments for per haps 15 to 20 seconds . When I 
glanced back t.brough the window my initial reac ­
tion was that the spacecraft had tumbl ed and that 
I could see nothing but stars through the window. 
I realized, however, that I was still in the normal 
attitude. The spacecraft was surrounded by lumi­
nous particles . 

These particles were a l ight yellowish green 
col or . It was as if the spacecrafl were moving 
through a field of fireflies. They were about the 
brightness of a first magnitude star and appeared 
to vary in sizE: from a pinhead up to possibly 3/8 
inch. They we re about 8 to l O feet apart and evenl y 
distributed through the space around the space ­
craft. Occasionally, one or two of them would 
move sl owly up around the spacecraft and across 
the window, drifting very, very slowly, and woltld 
then gradually move off, back in the direction I 
was looking. 1 observed these luminous objects 
for approximately 4 minutes each time the swi 
came up. 

During the third sunrise I turned the spac e ­
craft around a.nd faced forward to see if I could 
determine where the particles were coming from. 
Facing forwards I could see only about 10 percent 
as many particles as I had when my back was to 
the sun. Still, they seemed to be coming towards 
me from som,e distance so that they appeared not 
to be coming from the spacecraft. Just what these 
particles are is still subject to debate and awaits 
further clarif-ication. Dr . John 0 1Keefe at the 
NASA Goddard Space Flight Center is making a 
study in an attempt to determine what these par -
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ticles might be. 

Other Planned Observations 

As mentioned earlier, a number a,( other ob­
servations and measurements during c,rbit had to 
be cancel ed because of the control system problems. 
Equipment carried was not highly sophisticated 
scientific equipment. We believed, hc,wever, that 
it would show the feasibilit y of making more com­
prehensive measurements on later missions . 

Some of these areas of investigation that we 
planned but did not have an opportunity to check 
are as follows: 

(a) Weather Bureau observations: 
(1) Pictures of weather areas and cloud 

formations to match against map 
forecasts and Tiros pictures 

(2 ) Fil ter mosaic pictures ,of major 
weather centers 

(3) Observation of green air glow from 
air and weather centers in 5,577-
angstrom band with air glow filter 

(4) Albedo intensities-meaisure re­
flected light intensities on both day 
and night side 

(b) Astronomical observations: 
( 1) Light polarization frorn area of sun 
(2) Comets close to sun 
( 3) Zodiacal light 
( 4 ) Sunlight intensity 
(5) Lunar c l ouds 
(6) Gegenschein 
(7) Starlight intensity mea,surements 

(c ) Test for otolith balance distu:rbance and 
autokynesis phenomena 

(d) Vision tests: 
( 1) Night vision adaptation 
( 2) Phorometer eye measu.rements 

(e) Drinking 

Reentry 

Aft er having turned around on thE! last orbit 
to see the particles, I maneuvered int.o the correct 
attitude for firing the retrorockets and stowed the 
equipment in the ditty bag. 

This last dawn found my attitude indicators 
still slightly in error. However, before it was 
time to fire the retrorockets the hori:~on-scanner 
sl aving mechanism had brought the gyros back to 
orbit attitude. I crosschecked repeatedly between 
th e instruments, periscope presentatiLon, and the 
attitude through the window. 

Although there were variations in the instru­
ment presen tations during the flight, there was 
never any difficulty in determining my true at ­
titude by reference to the window or periscope. 
I received a countdown from the ground and the 
ret rorockets were fired on schedule just off the 
Cal ifornia coast. 



I could hear each rocket fire and could feel 
the surge as the rockets slowed the spacecraft. 
Coming out of zero-g condition, the retrorocket 
firing produced t:he sensation that I was accel er­
ating back toward Hawaii (fig. 12-15) . This sen­
sation, of course, was an illusion. 

Following r1~trofire the decision was made to 
have me reent er with the retro package still on 
because of the uncertainty as to whether the l and­
ing bag had been extended. This decision required 
me to perform n1anually a number of the opera­
tions which are normally automatically programed 
during the reentry. These maneuvers I accom ­
plished. I brought the spacecraft to the proper 
a~itude for reentry under manual control. The 
periscope was r1~tracted by pumping the manual 
retraction lever., 

As deceleration began to increa-se I could hear 
a hissing noise that sounded like small particles 
brushing against the spacecraft. 

Due to ionization around the spacecraft, com­
munications were lost. This had occurred on ear­
lier missions and was experienced now on the pre­
dicted schedule. As the heat pulse started there · 
was a noise and a bump on the spacecraft. I saw 
one of the strap!, that holds the retrorocket pack­
age swing in fro1:it of the window. 

The heat pullse increased until I could see a 
glowing orange c:olor through the window. Flam­
ing pieces were breaking off and flying past the 
spacecraft window. (See fig . 12-16.) At the time, 
these observations were of some concern to me 
because I was not sure what they were. I had as­
sumed that the retropack had been jettisoned when 
I saw the strap in front of the window. I thought 
these flaming pi,eces might be parts of the heat 
shield breaking iof!. We know now, of course, that 
the pieces were from the retropack. 

There was no doubt when the heat pulse oc -
curred during reentry but it takes time for the heat 
to soak into the spacecraft and heat the air. I did 
not feel particularly hot until we were getting down 
to about 75,000 to 80,000 feet. From there on 
down I was unco.mfortably warm, and by the time 
the main parachute was out I was perspiring pro­
fusely. 

The reentry· deceleration of 7. 7g was as ex ­
pected and was similar to that experienced in 
centrifuge runs. There had been some question 
as to whether oulr ability to tolerate acceleration 
might be worse because of the 4 l /2 hours of 
weightlessness, but I coul d note no difference be­
tween my feeling of deceleration on this flight and 
my training ses,sions 41 the centrifuge. 

After peak deceleration, the amplitude of the 
spacecraft oscillations began to build. I kept them 
under control on the manual and fly-by - wire 
systems until I :ran out of manual fuel. After that 

point, I was unknowingl y left with only t.he fly - by­
wire system and the oscillations incr eased; so I 
switched to auxiliary damping, which co,ntrolled 
the spacecraft until the automatic fuel was a l so 
expended. I was reaching for th e switch to deploy 
the drogue parachute early in order to reduce these 
reentry oscillations, when it was deployed auto­
matically. The drogue parachute stabil ized the 
spacecraft rapidly. 

At l O, 800 feet the main parachute was de -
pl oyed. I could see it stream out behind me, fill 
partially, and then as the reefing line cutters were 
actuated it filled compl etely. The opening of the 
parachute caused a jolt, but perhaps l ess than I 
had expected. 

The landing deceleration was sharper than I 
had expected. Prior to impact I had dis.connected 
all the extra leads to my suit, and was ready for 
rapid egress, but there was no need for this . I 
had a message that the destroyer Noa w,ould pick 
me up within 20 minutes. I lay quietly in the space ­
craft trying to keep as cool as possible . The tem­
perature inside the spacecraft did not seem to di­
minish. This, combined with the high humidity of 
the air being drawn into the spacecraft kept me 
uncomfortably warm and perspiring heavily. Once 
the Noa was alongside the spacecraft, there was 
little delay in starting the hoisting operation. The 
spacecraft was pulled part way out of the water to 
let the water drain from the landing bag . 

During the spacecraft pickup, 1 received one 
good bump. It was probably the most solid jolt of 
the whol e trip as the spacecraft swung against the 
side of the ship. Shortly afterwards the, spacecraft 
was on the deck. 

I had initially planned egress out through the 
top, but by this time I had been perspiring heavily 
for nearly 45 minutes. I decided to con:i.e out the 
side hatch in.stead. 
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General Remarks 

Many things were learned from the flight of 
Friendship 7 . Concerning spacecraft systems 
alone, you have heard many reports today that 
have verified previous design concepts ,or have 
shown weak spots that need remedial action. 

Now, what can be said of man in th-e system? 

Reliability 

Of major significance is the probability that 
much more dependence can be placed on the man 
as a reliably operating portion of the man-space­
craft combination. 1n many areas his s,afe return 
can be made de pendent on his own intelligent ac -
tions . Although a design philosophy could not be 
followed up to this time, Project Mercu.ry never 
considered the astronaut as merely a passive pas­
senger . 



These areas must be assessed carefully, for 
man is not infallible, as we are all acutely aware. 
As an inflight example, some of you may have 
noticed a slight discrepancy between launch photo­
graphs of the pilot and similar reentry views. The 
face plate on the helmet was open during the re­
entry phase. Had cabin pressure started to drop, 
I could have closed the face plate in sufficient 
time to prevent decompression, but nevertheless 
a face-plate-open reentry was not planned. 

On the ground, some things would also be done 
differently. As an example, I feel it more advis­
able in the event of suspected malfunctions, such 
as the heat-shield-retropack difficulties, that re­
quire extensive discussion among gound personnel 
to keep the pilot updated on each bit of information 
rather than waiting for a final clearcut recommen­
dation from the ground. This keeps the pilot fully 
informed if there would happen to be any commu­
nication difficulty and it became necessary for him 
to make all decisions from onboard information. 

Many things would be done differently if this 
flight could be flown over again, but we learn from 
our mistakes. I never flew a test flight on an air­
plane that I didn't return wishing I had done some 
things differently. 

Even where automatic systems are still neces­
sary, mission reliability is tremendously increased 
by having the man as a backup. The flight of 
Friendship 7 is a good exampl e . This mission 
would almost certaicly not have completed its 
three orbits, and might not have come back at all, 
if a man had not been aboard. 

Adaptability 

The flight of the Friendship 7 Mercury space-

Fig. 12-l. -- Pilot looks to his right. Note the 
distance his head can be turned in the pressure 
suit. 

craft has proved that man can adapt very rapidly to 
this new environment. His senses and capabilities 
a re little changed in space. At least for the 4. 5-
hour duration of this mission, weightlessness was 
no problem. 

Man's adaptability is most evident in his 
powers of observation. He can accomplish many 
more and varied experiments per mission than can 
be obtained from an unmanned vehicle . When the 
unexpected arises, as happened with the luminous 
particles and layer observations on this flight, he 
can make observations that will permit more 
rapid evaluation of these phenomena on future 
flights. Indeed, on an unmanned flight there 
likely would have been no such observations . 

Future Plans 

Most important, however, the future will not 
always find us as power limited as we are now. 
We will progress to the point where missions will 
not be totally preplanned. There will be choices 
of action in space, and man's intelligence and 
decision-making capability will be mandatory. 

Our recent space efforts can be likene d to the 
first flights at Kitty Hawk. They were first un­
manned but were followed by manned flights, com­
pletely preplanned and of a few seconds duration. 
Their experiments were, again, power limited, 
but they soon progressed beyond that point. 

Space exploration is now at the same stage of 
development. 

I am sure you will agree with me that some 
big steps have been taken toward accomplishing the 
mission objectives expressed at the beginning of 
this paper. 

Fig. 12- 2. --Pilot opens visor to eat. 

(Note: All the originals of these photographs are in color and some detail is 
lost in the black and white r eproduction of these photographs.) 
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Fig. 12- 3 . --After his snack of applesauce, the pil ot leaves 
his expended tube hanging in air momentarily. 

Fig. 12 - 4 . - - Photogr aph taken over the Pacific Ocean at the end of the first o r bit. The cloud panorama 
illustrates the visibility of different cloud types and weather patte r ns. Shadows produced by the rising 
sun aid in the determination of relative cloud heights . 
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Fig. 12-5. --Just before sunset on the first orbit, the pilot's came r a catches the darkening earth. The 
photog r aph shows how the shadows help to indicate cloud heights . 

Fig. 12-6. --Over the Atlantic on the third orbit, the pilot' s camera shows an overcast region 1to the north­
west and patt,erns of scattered clouds in the foreground. 
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Fig. 12-7. --View from Tiros IV of approximately the same area in the Western 
Atlantic as that in figure J 2-6. This view shows the appearance of the cloud as 
televised from a height of about 440 miles. Actual time of the photograph was 
1428 G. c. t. Photograph is of the general vicinity of latitude 30° N., longitude 
60

6 
W. (U.S. Weather Bureau photograph). 

(a) First orbit. (b) Second orbit. 
Fig. 12- 8 . --The Western Indian Ocean was overcast on the first and second orbits . The relative 

heights of the cirrus and the cumulus clouds can clearly be seen. 
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Fig. 12-9. - - View looking back toward the African coast on the first orbit. The photograph 
from the pilot's camera shows the desert with blowing sand in the foreground. 

Fig. 12-10. - -At the beginning of the third orbit, the pilot catches a panoramic view of the Florida 
coast, from the cloud cove red Georgia border to just above Cape Canaveral. 
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Fig . 12-11. --View of the Florida area fro,m Tiros 
IV taken at 1610 G . c . t. on Feb. 20, 1962 . This 
photograph shows the bank of clouds (across South­
ern Florida) which had moved away from Cape 
Canave ral earlier that morning. The clou.ds just 
north of F lor ida are apparently the ones plainly vis­
ible in f ig. 12-10. (U .S. Weather Bureau photograph; 
major land mas s es a r e outlined in white ink.) 

---,. 

Fig . 12 - 12. --During sunset, the pilot used the 
photometer to view the sun. 

Fig . 12-13. --The third orbital sunset a,s shown by a series of three photographs . The camera catches 
the flattening of the solar disk just before the sun disappears below the horizon. 
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Fig . 12 - 14. - - The fir st orbital sunset is :recorded in a series of four photographs. Patches of high 
clouds glow orange as the sun's light is diffracted by the atmosphere. The bright band of space 
twilight grows dimmer and shrinks in le,ngth with passing time. 

Fig. 12-15. --Pilot concentrates on instruments 
while controlling attitude during r etrofire. 
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Fig . 12-16. --Pilot looks out of window at fireba ll 
during maximum reentry heating. 
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ABSTRACT 

Although the meteoroid hazard has not been 
adequately evaluated for proper design of space­
craft for missions through cislunar and inter­
planetary space, the extent of meteoroid inter­
actions on space exploration may be estimated. 
The available information about meteoroids and 
cosmic dust obtained from ground-based obs er -
vations and satellite measurements is reviewed. 
This data is presently limited to mete,:iroids and 
cosmic dust with heliocentric orbits intersecting 
the plane of the ecliptic at one astronomical unit 
and interacting with the earth-moon system. 
From such information the expectation of the 
number of impacts with interplanetary matter as 
a function of exposed spacecraft surface area, 
exposure time, and meteoroid mass ii. presented. 
An estimate of the hazard has been made using 
appropriate hypervelocity cratering c:riteria. 
Some results of other authors are compared with 
the expectation of meteoroid interaction effects 
herein presented. The probability of damage to 
spacecraft is apparently considerably different 
and a bit less than some earlier estimates . 

INTRODUCTION 

Interplanetary space is populated by debris 
in heliocentric orbits known generally as 
,;meteoroids". It is quite evident thalt a mete­
oroid impact with a space vehicle is a catastro­
phic event. The dynamic conditions of such an 
impact allow for impacting velocities ranging 
from a few kilometers per second to ,about 75 
km sec -1. The effects of the interactions of 
meteoroid impacts on space vehicles are a 
matter of concern in the design of spacecraft for 
various cislunar and interplanetary n,issions. 

The hazard from meteoroid impacts may be 
evaluated from (a) knowledge of the distribution 
of interplanetary matter in the solar system, and 
(b) knowledge of the characteristics of impact 
cratering and penetration from meteoroid im­
pacts on spacecraft structures . The distribution 
of interplanetary matter in the solar system may 
be described by a mapping functioni7fr , where 

7T -= 2, . "'rC, 

-n".: ::, '1'f,: (-m, p .. , ~"'} a, e , i ,Jl, w, t) 
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where "Tr is the ensemble of the all small lt't . 
'if.: is a description of the individual meteoroid 
structure and position in the solar system at any 
time. "m" is the rnass, ,fa..., the density, and 
Sm is a parameter defining t he structural makeup 
of the meteoroid. 

¥ a_,e , C: n:,,i.,· define the meteoroid orbit, and the 
time, >t, defines its actual position. "a" is the 
semi-major axis of the elliptical orbit, e the 
eccentricity, "i" is the inclination angle of the 
plane of the orbit with the plane of the ecliptic. 

¥ fl'' , the ascending node, is the point where 
meteoroid crosses the ecliptic traveling north, 
and• "w " th"e argument of the perihelion, is the 
angle frcfm fl'' to the perihelion measured in 
the orbital plane of the meteoroid. The magnitude 
of the velocity of the meteoroid depends on the 
radial distance "r" of the meteoroid from the sun 
and is given by: 

V ,, \_G. l ~ - ~ )] ~~ 
where G 0 is the solar gravitational constant. Thus, 
if the mapping function were known, the proba -
bility of a spacecraft impacting with a meteoroid 
anywhere in interplanetary space would be known. 
In fact, if the mapping function. ,r were suffi­
ciently accurately known catastrophic impacts 
with meteoroids could be a voided. 

A great deal is known about the mapping function, 
'TT . for the ascending node, f). equal to one 
astronomical unit. TT- at I a . u. is not well 
enough known to give discrete predictions for 
encountering a micrometeoroid. However, sta­
tistical data from encounters of meteoroids with 
the atmosphere and spacecraft sensors have been 
sufficient to define a distribution function, I (m), 
which is mainly dependent on the mass of the 
meteoroid. l(m) is given in terms of the number 
of impacts by meteoroids of mass m and larger 
per unit area and time at l a . u. in the plane of 
the ecliptic and near the earth. That is to say, 
that I(m) near the earth may be derived from the 
mapping parameter 1T Actually, 7T is 
practically an unknown fi:inction except for about 
2000 known asteroids in orbit between Mars and 
Jupiter, several score known comets, and meteor 
showers usually associated with known comets. 

The_ specific gravity o~ density, f .,.,. , of 
meteoroids may vary considerably. Meteorites, 
meteoroids recovered on earth and appar ently of 
asteroidal origin, are solid bodies made of stone 
or iron. The great majority of meteorites are 



stones with density of about 3. 5 gm cm - 3, while 
less than lOo/o are iron or iron nick e l with densities 
of 8 gm cm- 3 or slightly l ess . Most of the meteors 
detected by viirnal, optical or radio methods have 
characteristics defining a fragile and possibly 
fluffy structure . The orbits of the meteors vary 
considerably from the asteroid orbits. Hence, 
me teors in general probabl y have a cometary ori­
gin. The densities, f- of the meteoroids ob ­
served in the e::arth's atmosphere as meteors are 
probably less 1:han that of meteorites and probably 
between 0. 3 and 3 gm cm- 3 . Although the struc -
ture of comet material has been hypothesized from 
various comet models, this structure is practi­
cally unknown and difficult to simulate. 

To assess the effects of meteoroids on space 
vehicles a t la. u . the distribution function I(m) has 
been derived from available knowledge and data . 
I(m) defines th,e expectation of an impact per umt 
area and time at 1 a . u . The func tion I(m) c ombined 
with cratering and penetration conditions defines 
the meteoroid lli.azard. The depth of penetration, 
p, depends upon the structural parameters m,f"' ' 
and S of the mt:teoroid, the tar get material St and 
density ft , and the rel ative vel ocity v of the im­
pac t (as well as the anglel. Thus pefetratlon depth 
is a function, f ( m 1 p.._,<;,., ~~ 1(\1VJ . T~e p~ne­
trating aux may be den ved from the combmat1on 
of the function of penetration depth ~ , and the 
expectation of impac t, l(m) . 

A number of papers have been written on the 
subject of penetration of spacecraft by meteoroids . 
Several papers are listed in reference 1 through 6 . 
These and other r eferences are considered in re­
veiwing• the expe cted meteoroid effects . Some 
parts of referer.tces 2 to 6 will be compared criti­
cally below. 

RATE OF METEOROID IMPACTS 

The rate of meteoroid impacts upon lhe earth 
or per unit area and time, l(m) has been obtained 
from a variety c,f measurements of meteors and 
micrometeorites . Reference 7 reviews the deri­
vation of I(m) from data obtained from visual, 
optical, and radio-observations of meteors, from 
acc retion measu.rements in the atmosphere and on 
the earth's surface, and from direct measure -
ments using satdlites. 

The cumulative mass distribution, I(m), for 
the omnidirectional nux of dust particles and 
meteoroids is plotted from reference 7 in figure l. 
I(m). the cumulative infiu.x rate in particles per 
square meter per second on tho: earth is plotted 
as a segmented function of the particle mass in 
grams using a log-log plot. The cumulative in­
flux rate is plott,ed also in equivalent visual mag­
nitude, Mv. ThE: visual magnitude is an astro­
no mical scale fo:r comparing the light intensity of 
stars and meteor trails . It is a logarithomic 
s cale of brightness, with 5 magnitudes represent -
ing a fa c tor of 100. From optical and visual ob-
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servations the number of meteors as a fW1ction of 
visual magnitude against a star backg round is 
almost directly obtained. Radar methods have 
been used to measure distribution and number of 
meteors as a function of the electron:! density per 
unit length of the meteor trail. The t?lectron line 
density is a l so related to the visua 1 m agnitude and 
particle mass of the meteor. Some solar radia -
tion pressure limits for several dens,ities are 
a lso included on the abscissae. For p_.., of 1 gm 
cm- 3, particles of mass less than 10'- 12 gm 
would be subjected to a sol ar radiation pressure 
force greater than the solar gra vitati•:mal attrac -
tion. The fact that dust particles of mass less 
than 10-12 gm have been detected, indicates that 
the dust particles have densities which are gen­
e r ally greater than l gm cm-3. 

The accretion rates represented by the curve 
labe l ed "Watson ( 1941)" were plotted from refer­
ence 8 as a func tion of particle mass. The dashed 
curve labeled "Whipple ( 1957)" is plotted as a 
function of visual magnitude and was obtained 
from reference 3. This method of plotting the 
two distributions serves t o illustrate the kind of 
uncertainty involved in displaying the impact 
rates as a mass distribution. This ur.1certainty 
will be discussed later. 

The curve l abeled "Millman and Burland 
( 1956)" obtained from reference 9, is presented 
in three segments and covers the rang,e from - 10 
~ Mv ~ 10. This curve is represent,:i.tive of 
meteor observations from optical, telescopic, 
and radar methods. In reference 10 tlhe cumu­
lative influx rate of photographic meteors in the 
range of visual magnitude O ~ \v\v ! S- was deter -
mined using a sample of over 300 met,eor photo­
graphs . The naked-eye visual meteors. and photo­
graphic meteors number st:veral tens of thousands. 
The number of radio meteors observed is greater 
still by at least another order of magnitude. 

In the range of visual magnitudes of ~O f'M11 
10 _, -> 

£ > or particles masses of \ () ~m ~ 'w\. f 10 att1, 
a l most no data exists to define a distribution 
function . This range of particle mass 1s too 
small to interact with the earth's atmosphere 
and form meteors large enough to be detected by 
ground-based radio techniques and telt:scopes . 
A small amount of radar data has been reported 
in reference 11 out lo visual magnitude? 14. This 
same range of particle mass populates inter­
planetary space quite sparsely; so much so that 
the exposure times and exposure areas of 
sensors on satellites have so far been inadequate 
to obtain any measurements. This same range 
of mass is of importance in the penetr.:1tion and 
damage of space craft structures. 

On the other hand, particles of mass smaller 
than 10-8 gm are relatively more numc~rous and 
have been detected wilh probes and satc~llites. 
The curve labeled "McCracken et al ( 1961)'' is 
based on experimental data by direct n1easure-



ment s as described in references 7 and ,12. The 
curve was obtained with sensors which were cali­
brated to meai.ure particl e mass rather than 
visual magnitude . This segment of the curve was 
obtained from experimental data from rocket 
probes , and satellite mca surements as plotted in 
figure 2 . For the interval of particle mass 
,o-•0 ~.,... ~'l'n ~; 10-\m , the cumulativ .. distribu-

tion curve 01 1ru1ux rate of dust particles as a 
function of pa1:ticle mass may be described by the 
equation: 

log 1 = - l 7. 0 - log m 

where l is in particles M-2 sec- 1. The function 
I(m), however, cannot be correctly described by 
a single first degree equation with logarithomic 
parameters. 

The two ~,egments for visual magnitude 
30 M 11 f W>' in figure l were obtained in the 

analysis of reference 13, while the segment 
marked "Soberman and Hemenway ( 1961)" was 
obtained by ccillecting dust with an Aerobee rocket 
trapping devic:e as described in reference 14. 

The interpolated region between visual mag­
nitudes 10 and 20 represent a region of concern for 
sp~)ecraft design as particles of mass between 
10 gm and ~o- 7 gm may penetrate surface mat-
erials used on spacecraft. The cumulative distri­
bution function l(m), in figure l may be analyzed 
with greater ease if d. [l,.,>/Jtm. , the incre­
mental mass distribution a~ a function of particle 
mass or visu,11 magnitude J Ir"'1/dl,, . ol »1/4 Mi, 
is plotted. Figure 3 is the incremental mass dis ­
tribution curve derived from figure l. The rate 
of accretion by the earth per day in grams per 
visual magnitude per day (when divided by I. 3 x 
10· 19 this becomes the inO.ux in particles M-2 sec 
- l per visual magnitude) is plotted as a function of 
Mv and particle mass in grams . The curve has 
been smoothed to remove the effects of using a 
segmented cumulative mass distribution curve . 
The uncertair1ty of spread in mass innux per visual 
magnitude in the range of v isual magnitudes from 
+ 10 to O is bordered between the curves marked 

"Whipple ( 19~•7)" and "Watson ( 194 I)". The value 
o! 25 grams !or a meteoroid of zero visual mag­
nitude and 28 km sec- 1 average velocity (reference 
3) was used i1ri rel ~ting visual magnhude to particl e 
mass. 

The accretion of interplanetary material on 
the earth is shown in figure 3 to be dominated by 
dust particleu with masses less than about 10-6 
grams. The accretion rate of interplanetary dust 
particles is about 5 x 104 tons per day. A con­
servative estimate o! 104 tons per day should prob­
ably be used until improved satellite measure -
ments giving particl e orbits are obtained. The 
accretion rate derived from direct measurements 
is in £air agreement with the estimate (reference 
14) of 4 x 1041 tons per day based on mountain top 
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collections and an earlier estimate of 4 x 10 - 3 

tons per day based on deep sea sedim,ents . Ref­
erence 16 gives an influx of 10·13 gm cm·2 sec 
-l (5 x 10-l tons per day) for particles of radii 
greater than l f( ba,;ed upon observations of the 
ea rtb' s shadow du ring lunar eclipses. 

The curves figure l and figure J are aver­
aged in lime. The character of all meteor and 
interplanetary dust measurements has been de ­
fined mostly from ground-based obse1~vations . 
The inilux rate of particles usually un,dergo tem­
poral variations; the major va nations a re often 
associated with meteor streams and showers. 
These showers are well described in the litera­
ture, references 9, 17, 18, 19 and 20. During 
short periods of time, a few hours to several days, 
the influx rate may increase by one to two orders 
of magnitude above th.: average rate. The obser­
vations of very faint radar meteors ( Mv,;: 14), 
reference 1 1, have shown that a large fraction of 
meteors occur in streams or "sporadic showers" . 
The large O.uctuations in influx rates of faint radar 
meteors with mass ~ 10-5 gm have also been 
observed from dust particle measurements from 
probes and satellites ( referenc1;:s 7, Z I and 22) . 
The distributions of showers and "sporadic 
showers" 1n interplanetary space are probably 
very similar to the distribution near the earth. 
The orbits of showers and sporadic n1eteors have 
been described in references 17, 18, 20 and 23. 
From these and other observations, nearly all the 
meteoroids observed as meteors appear to be of 
cometary origin and are travelling in direct helio­
centric orbits. Although it had been apparent that 
nearly all meteors in the visual and radar range 
have only small inclinations angles with the plane 
of the ecliptic, a "toroidal " group discovered at 
the Jodrell Bank Experimental Station, England, 
has been confirmed (reference 23) to represent an 
important fraction of meteors with /11y ::: 10; the 
toroidal group is represented by short period 
orbits and inclination angl es , 1 as high as 60°, 

EXPECTATION OF IMPACT BY METEOROIDS AS 
A FUNCTION OF MASS 

The expected impact rate of meteoroids as 
a function of mass may be obtained from figures 
I and 3. These figures are derived from experi­
mental data averaged to smooth effects from large 
fluctuations and showers . The expectation of im­
pact and penetration of surfaces could be esti­
mated from such a curve.- However, the variations 
appear excessively large in the rang,? of visual 
magnitudes from O ~ \'\l\v ~ 10, because of the 
large spread in the innux rate bounded by the 
curves labeled "Whipple (1957)" and "Watson 
(1941)". Actually, there is no discrepancy or 
spread in the inO.ux rate as afunction of visual 
magnitude. Both photographic and visual data of 
the numbers of meteors M-2 sec-1 as a function 
of visual magnitude give indentical results except 
for a small correction factor of I . 8 visual mag­
nitudes concerned with the photographic process . 



The major discrepancy shown in figure 3 r esults 
from the esti mates of the mass of a meteor result ­
ing in a trail of given visual magnitude. The curve 
label ed "Watson (1941)", a zero visual magnitude 
meteor, was estimated to have a mass of 0 . 25 

grams and a velocity of 55 km sec - l . /"'' of the 
meteor was assumed to be about 3 gm cm. - 3. The 
curve labeled "Whipple (1957)" is based u.pon the 
same distribution with /J"" of 0 . 05 gm cm-3 and 
an average velocity of ~ km sec-1. In this case, 
a zero visual magnitude meteor would have an 
average mass of 25 grams. The discrepancy is 
dependent upon the l uminous efficiency an.cl as­
sumptions relating to the specific gravity of the 
meteoroid. Recently measurements of luminous 
efficiency have been made (reference 25). which 
would support a higher/"'· than given in r eference 
3. The reference 3 value u f was recently recon­
sidered by the same author (reference 26) as 
possibly being too l ow; an average fm o!f 0 . 3 gm 
cm - 3 instead ~f 0. 05 gm cm - 3 was given. 

From reference 9 the val ues given by various 
authors of the mass of a zero magnitude rneteor 
may be compared as in Table I based on several 
references. Except for the change to 0.05 gm cm - l 
by Whipple (reference 3, 17) the mass of a zero 
magnitude meteor has been estimated between 0. 05 
and l. 3 grams. This mass range is n:,oFe than 
a factor of 20 less than the mass of 25 grams 
given in reference 3. The value of 25 gra.ms for a 
zero magnitude meteor was derived from the 
assumption that the/'"' of meteors gene,rally had 
a value of 0 . 05 gm cm- 3. Although, it is well 
confirmed that the structure of meteoric bodies is 
wea,k and fragile, only a single (hens;e not signifi­
cant) measu rel:1ent of such a low .,A, has been 
reported. A j).., close to l gm cm- 3 is to be 
preferred. Thus~ the e xpected impact ralte by a 
meteoroid as a function of mass per unit t.ime and 
area is really fairly well known. 

Both figures 1 and 3 should be consid,ered as 
pl ots of impact rate as a function of partic:le mass 
rather than visual magnitude. Since there is 
e vidence (reference 27) that penetration d ,e pth is a 

func t ion a l so of/-).., (as will be discussed. later) 
the cumulative influx rate as a function of particle 
mass in grams should b'e a curve consisting of the 
curves labeled "McCracken et al ( 196 1)" and 
"Watson (1941)" and with an interpolation between 
the two distributions, figure 4. The effective/"' 
to be used should be l or 2 gm cm - 3 This is the 

curve and the ,/''" to b e used to determine the 
expectation of impact by a meteoroid. 

One may not in arry case realistically use the 
curve label ed "Whifpl e (195 7) " with a / .,., other 
than 0. 05 gm cm - . If p..., for this curve were 
assumed to be .3 gm cm-3( then the curve would 
become the ''Watson (1941)" curve . The deceler­
ation as well as visual magnitude of mete()rs has 

been accurately measured by photographic 
methods; such an assumption in the change of 
area to mass ratio by assuming a f .,.. change 
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without the attendant change of the mass of the 

meteo r oid would be quite inconsistent with obser ­
vations. The distributions from reference 9 and 
10 were derived with a similar assumption relat­
ing to the mass of a meteoroid as a functi-on of 
visual m agnitude . 

There is some indirect evidence from meas -
urements of the F component of the solar corona 
and the zodiacal light that the satellite distribution 
cur ve may change in interplanetary space. The 
influx rate might drop by two or three orders of 
magnitude as discussed in reference 7 . Hence, 
the expected mass distribution curve might be 
approximated in interplanetary space by the curve 
label ed "Watson ( 1941)" together with the curve 
label ed "McCracken et al (1961)" lowered by two 
to three o rders of magnitude in the range of parti­
cle mass from 10-10 to 10- 12 gm. 

Thus, in designing spacecraft for journeys 
i n satellite o rbits and heliocentric orbits a t l a. u . 
the hazard from meteoroid impacts should be 
evaluated based on the expectation of impact by a 
meteoroid of a given mass or larger using the 
avail able data· as described in figure 4 . It is 
doubtful that this curve is greatly in error. The 
influx rates as a function of mass would probably 
never be more than an order of magnitude greater 
than the natural influx rates except during periods 
o f recognizabl e sporadic showers and several of 
the known meteor streams. 

PENETRATION AND DAMAGE FROM 
MlCROMET EOROID IMPACTS 

The mechanism of crater formation is essen­
tially one o f cavitation, resulting from an intensive 
plastic deformation wave formed during the im­
pact. The size of the crater and its shape are 
determined by the properties of the wave and the 
target material. The initial conditions of occurring 
during the early stages of the impact determine the 
amplitude and shape of the deformation wave . 
Eichel berger (reference 32) further describes the 
initial stage of the impact or primary penetration 
as character ized by a very rapid plastic defor­
mation of the target and impacting projectile . If 
the impact velocity is very high, the surface pres­
sure so far exceeds the yiel d strength of the mate­
rial that a hydrodynamic treatment is quite 
accurate. 

The shape of the plastic deformation is 
determined dur ing a time proportional to 

in the initial stage of crater formation. This time 
defines the width of the deformation wave. The 

amplitude of the deformation may be estimated 
from Bernoulli 's equation as 



The deformation wave propagates into the target, 
displacing material as it disperses . Hence the 
effects in the target depends upon the properties 
of the target material as described by the equation­
of- state of the material. The crater dim,ensions 
will be determined by the distance of travel of the 
deformation wave while its intensi ty is greater 
than the strength of the target material. The 
model described is essentially the same ~ts that 
used by Bjork (reference 33) in his theoretical 
treatment of cratering. 

The effect of a meteoroid impact at velocities 
between IO km sec -1 and 75 km sec - l may be 
deter mined theoretically. Some experim,ental 
studies have been made at low velocities; in some 
cases up to about 15 km sec- 1. Bjork has shown 
that the impacts at meteoroid velocities behave 
hydrodynamically. Using the equation of state, 
Bjork solved the impact equations for cylinders on 
semi-infinite iron (references 4 and 33) . Calcu­
lations were made for impact velocities o,f 5. 5, 20 
and 72 km sec - 1. The impact forces exceed the 
strength of the material s impacted by a large 
factor, so that material strength was neg,l ected 
in the calculations. Viscous effects and heat 
transfer were also neglected. The calculations 
agreed for craters produced in aluminum a t 6 . 3 
km sec-1 and iron at 6 . 8 km sec -1 with e:xperi­
mentall y determined crater sizes and shapes. 

The penetration depths pin cm may be des­
cribed by the equations : 

and 

where m is the meteoroid mass in gm and v the 
velocity in km sec-1 . Experimental data for 
impacts on lead results in a sunilar equation 
(reference 34) 

p =- I. 'J (m. v) '11 

The calculated craters were hemispherical with 
radius f' Craters formed by impacts at 
oblique incidence were a l so hemispherica.l. 

Although calculations were made for thick tar­
gets, enough information was obtained that if a 
meteoroid penetrated a depth f' in a thick target, 
it would just penetrate a sheet of the same target 
material which was I.S J:, thick. 

Experimental impact data have been obtained 
from which the dependence of depth of penetration 
on projectile density was determined (reference 
35). A series of impacts were made on the same 

target material with a constant projectile mass 
and a constant impact vel ocity of about 2 km sec-1 · 
A range of densities of projectiles fr om 1. 5 gm 
cm - 3 to 17. 2 gm cm-3 was tested by using differ­
ent metals. The dependence on f.,,. was described 
by the equation 

where vs is the speed of sound in the target, d is 
the diameter of the projectile . The penetration 
depth probably depends upon the density ratio be­
tween the meteoroid and the target material at the 
higher velocities of impact, a l so . For this reason, 
the cumulative distribution o( meteoroids as a 
function of mass given in reference 3 must be used 
with consideration for proper dependence of pene­
tration depth on the density of the meteoroid. 

The penetration depth to projectile diameter 
ratio has been plotted as a function of velocity in 
figure 5 (reference 36) to indicate how the theo­
retical analysis of Bjork compares with extra­
polations of experimental results obtained by 
Summers and Charters (reference 35), Collins and 
Kinard, and Atkins. It is noteworthythat such 
extrapolations leads to very large errors in pene­
tration depth which cannot be correct because of 
energy and momentum conservation requirements. 

Another condition resulting from the defor­
mation wave following the impulsive loading- by the 
meteoroid impact is spallation. The intensive 
compressive shocks from the impact may rupture 
and eject material over an extended region around 
the crater as well as the far surface of the im ­
pacted sheet. The diameter of the section spalled 
is usually several times the sheet thickness, and 
the s pall thickness, may be a tenth to a half the 
thickness of the sheet. In reference 5, an analyt­
ical derivation is used to indicate an energy rather 
than a momentum dependence for _the volume of 
spalled material. For alloy aluminum a char -
acteristic distance D in cm for s palling is given by 
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and for steel, 

where E is the kinetic energy of the meteoroid in 
ergs. Spallation can occur in sheet thicknesses 
two or three times greater than necessary to pre­
vent perforation. 

DISCUSSIONS AND CONCLUSIONS 

The estimation of meteoroid effects on space 
expl oration at l a . u . and particularly near the 
earth depends on the expectation of impact by 
meteoroids l arger than some critical mass so that 
penetration of the skin of a spacecraft occurs, and 



it depends on the understanding of the extent of 
damage resulting from one or an ensemble of such 
impacts. The expectation of a meteoroid impact 
per unit area and time may be determined from the 
cumulative mass distribution curve, figure 4, 
consisting of the section derived from satellite 
measurements, the section derived from ground­
based measurements approximately represented 
by the curve labeled "Watson (1941): and on the 
interpolation between the two curves (Figure 1). 
The density, which may be used with this distri­
bution for determining penetration rates a nd spall­
ation effects,/ ,.,_ is 2 gm cm-3 . A nominal 
velocity for such impacts should be 30 km sec -1 
For short exposure t imes to the space environ­
ment, adverse effects may be present during 
known or sporadic meteor showers . However, for 
long exposure times this distribution curve should 
be an effective expectation of the impact frequency. 
The impact rate at l a. u . but away from the neigh­
borhood of the earth may be different, but only for 
particles of mass less than 10- 6 gm. In the vicin­
ity of Mars, radial distances from the sun between 
l. 5 a. u. and 5 a . u . the· collision hazard from as­
teroidal debris may be greater than at I a . u . For 
distances less than la. u.· the concentration of 
meteoroids should increase with a decrease in 
solar distance. Although most of the meteoroids 
are moving in direct heliocentric orbits, a retro­
grade component is known to exist. Radiation 
pressure forces leading to the Poynting-Robertson 
effect, the Yarkovski-Radzievski effect (reference 
20) and other effects should decrease the eccen­
tricity of the meteoroid orbits and gradually cause 
the particles to spiral into the sun. The inclina­
tion angles of the orbits, particularl y the toroidal 
orbits, are indicative of a substantial component 
of the meteoroid population with orbit planes inter­
secting the plane of the ecliptic at considerable 
angles; hence, the meteoroid impact velocities 
with a spacecraft in interplanetary space should 
be considered out to 30 km sec - 1 ancj higher . 

A good ·representation of the penetrating power 
of meteoroids is given by the theoretical solution 
of Bjork. So far, from the limited data available 
from direct experiments (reference 13) on satel­
lites, Bjork I s penetration condition with the ex­
pected cumulative distribution as a function of 
mass, figure 4, has been supported by experiment. 
Penetration and fracture experiments have been 
flown on Explorers I, III, XIII, Vanguard III, 
Midas II, and Samos II. 

Comparison of several reference (references 
3, { 5, 6) ~hich treat the hazard from meteoroid 
impacts may be made. Whipple (reference 3) uses 
a /J"' of 0 . 05 gm cm-3 , a value which must be 
used to determine penetration depth. Whipple's 
penetration formula is considerably less to. be 
preferred than Bjork's (reference 4) . Bjork's 
treatment of the problem is generally good. How­
ever, there is not sufficient reason for him to use 
the Whippl e distribution (reference 3) while at the 
same time over estimating the meteoroid density. 
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In fact, the correction for the mass of zero mag­
nitude meteoroid, a factor of a hundred, would de­
crease the required armor thickness by a factor of 
5! 

Jaffe and Rittenhouse (reference 5) have used 
the Bjork penetration condition. However, the 
selected curves of cumulative mass distribution 
for low satellite altitudes and far from the earth 
are not recommended. Davison and Winslow 
(r eference 6) have considered an upper and lower 
limit, curves I and II, (their figure 8) in their 
estimates of rates of penetration of stainless steel. 
The cumulative distribution curve used in deriving 
curve II is recommended (their figure 5). They 
used the Summers' penetration criteria rather than 
Biork's with an im3 ct velocity of 15 km sec-I and 
f.,,. of l gm cm - . In deriving their curve I 
they also used the Whipple distribution (reference 
3) but with a_,f',.,, of 2. 7 gm cm-3 . They con­
cluded-that their curve II may be reasonable and 
that curve 1 represents a high esti=ate of the pene­
tration rates of the material investigated. 

Thus, there appears to be a preferred ap­
proach to the prediction of the rate of penetration 
of the skins of a spacecraft from meteoroid im -
pacts. It is evident that theory and available exper­
imental data support this singular method of com­
puting the meteoroid hazard, The estimated rates 
of penetration determined by combining (a) the 
expected cumulative distribution as a function of 
mass, figure 4; (b) the Bjork penetration criteria 
together, with a ~'I" of 2 gm cm - 3 and an average 
1rnpact vel ocity of 30 km sec - l is recommended 
for design purposes. The meteoroid penetration 
rates computed in this manner represent a con­
sistent estimate based on available knowledge. 
The conservative designer may incorporate his 
own safety factors to establish the required reli­
ability. Additional measurements from satellites 
to confirm the predicted penetration rates are 
certainly desirable. The extent of the hazard ap­
pears to be considerably less than some earlier 
estimates, hence experimental data in the space 
environment will require relatively long exposure 
times over extended surface areas. 
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Figure 1 Segmented cumulative mass distribution 
for omnidirectional inilwc rates of 
meteoroids and dust particles. 

Table I 

MASS ON ::;RAMS OF A METEOROID OF ZERO VISUAL MAGNITUDE 

Mv Mass in grams Velocity in Km sec - 1 Author Reference 

0 0 . 25 55 Watson (1941) 8 

0 I. 25 40 Whipple (1952) 28 

0 0 . 055 40 Levin ( 1956) 29 

0 25 . (dustball) 28 Whippl e (1957) 3 

0 0. 15 30 Whipple & Hawkins 30 
( 1956) 

0 0 . 29 42 Opik ( 1958) 31 & 9 
1. 29 (dustba ll) by McKinley 
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bution of influx rate as a function of 
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earth. Specific gravity of the meteor­
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