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CONVECTIVE AND RADIATIVE HEAT TRANSFER DURING REENTRY
AND ADVANCED TECHNIQUES FOR THETR SIMULATION
by

Thomas N. Canning

INTRODUCTION

Experimental engineering research has been largely devoted to
simulation, in the laboratory, of phenomena and systems which are diffi-
cult, for one reason or another, to reproduce in full-scale tests. The
success of these efforts at simulation in guaranteeing the final system
performance has been in direct proportion to the success in choosing
the proper parameters to be matched and to the exactness of scaling laws
derived for use in projecting to full-scale behavior. In the best of
all possible worlds one could always make his teste at the design condi-
tions using the complete system under consideration. One example will
suffice to show why this generally cannot be done.

The Apollo command module will enter the earth's atmosphere at about
11 km/sec and villt&have on board three people, whose value has been en-
hanced by recent e&eriences. If all of the bits and pieces as well as
the subsystems necessary for the mission have not been checked thoroughly

in the laboratory, the chances of the complete system operating are nil.




-VII-2-

One bit of this system which - thanks to hundreds of fairly cheap
laboratory tests and scores of careful theoretical studies - assumes a

lessening threat to success is the heat-protection system. It is to

this narrow part of the vast complex of teéﬁnologieé ;hét the present
discussion of simulation is devoted. Since Brooksl has discussed the
study of material response, the present paper is further restricted to
evaluation of expected heat loads.

o These heat loads are conveniently divided into two components which

can usually be treated separately, convection and radiation from the gas

within the shock layer to the vehicle surface.
CONVECTIVE HEATING

The stagnation-point convective heat load on blunt hypervelocity
bodies has been treated extensively by many investigators, for example,
Lees2 and Fay and Riddell3 in the speed range up to 10 km/sec. Lees
has also related the heating elsewhere on simple bodies to that at the
stagnation point. Starting with the former problem we see, in Figure 1,
that the heating rate normalized with respect to the body size and pitot
pressure is nearly a linear function of the driving potential, that is,
the difference between stagnation and wall enthalpy. As the flight speed
increases sbove about 9 km/sec, the temperatures become high enough that
partial ionization occurs. The influence of ionization on convective
heating has been argued widely: the consensus of those theoreticians
who have used the transport properties predicted by Hansenh for hot air

is that the influence is fairly small; the controversy is essentially

settled by results of actual measurements of heating rates in two types
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of modern lsboratory equipment. Figure 2 shows the experimentally deter~
mined heating and indicates that there is, at least, fair agreement among
the experimenters.

Most of the data shown in Figure 2 were obtained by use of shock tubes;
the remainder were collected from aercballistic tests. The shock tube
consists of a tube containing a sample of test gas, say, air, and a driver
filled with gas at high pressure (Fig. 3). When the disphragm which separates
the chambers is ruptured, a shock moves through the test gas simulating the
detached bow shock of a flying body. Instruments may be placed around the
test area to study the physical and chemical changes wrought by the shock
compression. The pertinent setup for the study of convection requires small
aerodynamic models to be mounted within the tube to simulate the hypervelocity
flow field. Thin-film resistance gages or thicker calorimeter gages are de-
posited on the models so that the history of surface temperature, and hence
heating rate, can be determined.s’ 6.7
The two most popular shock-tube configurations in use today are illustrated
in Figure 4. The simplest form (in the upper sketch) uses the flow just be-
hind the incident wave as the airstream. This part of the gas flow is very
hot so that, even though its speed may be high, its Mach number is low and
the merodynamics of the test flow must be analyzed accordingly. This dis-
advantage is not serious when only the stagnation point heat tramnsfer is
being measured or when the details of the flow field are well knoun. The
other configurations will be discussed later. Omly a fraction of available
convective-heating data (obtained in simple shock tubes) are shown in Figure
2. As with most rapidly developing experimental techniques, the data scatter
unacceptahly at the higher enthalpy, that is, velocity, levels. Most but

not all of the apparent discrepancies are at least partially understood.
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If the researchers using shock tubes had been content to use only
the simplest designs, the description of the research done by them might
be made more nearly complete; because these people have been inventive,
the emphasis is necessarily put on descriptions of other shock-tube

designs.

Variants on Simple Shock Tubes

The fact that the Mach number in the flow behind the incident wave
is low, even when the wave speed is very high, has prompted investigators
to employ simple expansion nozzles to cool the air adiabatically as well
as increase its speed. Both of these effects are desirable, but the
already short test times, a few milliseconds at best, are further eroded
by starting and stopping transients. As the shock and its following gas
sample starts into the expanding tube, the expansion and compression waves
necessary to make the air adjust to the new flow geometry develop. Until
the flow has become steady, test results are of doubtful value.

The net effect of this loss of testing time has been greatly reduced
by introduction of the reflected-shock hypersonic-nozzle configuration in
wide use today (see Fig. k4).

In this facility full advantage may be taken of the fact that upon
reflection of the initial wave from the shock-tube end wall (the convergent
part of the nozzle), the hot gas is brought to rest and heated further.
This gas in the stagnation chamber advances slowly towards the nozzle and
is used at less than one-tenth of the rate it would be used were there no
constriction. The small nozzle throat also makes feasible the construction

of moderate-sized hypersonic nozzles having very large expansion ratios
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(greater than 1000) to accelerate the flow to high speed and low static
temperatures (hence high Mach number).

The thermodynamic state in the test region is somevhat less perfectly
understood than that in the stagnation chamber because of possible non-
isentropic flow through the nozzle. This disadvantage is offset by the
great gain in steady flow duration. The testing done in these reflected-
shock-tube hypersonic tunnels may be made more representative of real fﬁsht
because the Mach number, and hence inviscid flow phenomena, may be more
adequately imitated than in the simple, straight tube. The importance of
this simulation has been demonstrated in references 8 and 9, where it was
shown that the strong bow wave of a blunt-nosed slender body, such as that
shown in Figure 5, may seriously impair the stabilization afforded by flares
and fins. This effect arises from severe changes in static and dynamic
pressure distributions; the correspondence between pressure and heat load
shown by Lees leads one to expect similar coamplications here. It is safe
to say that if we are to similate the heat-load distribution, we must
simulate pressure distribution. The utility of the reflected-shock,
hypersonic tunnel is well recognized for this reason.

A new entry to the field is the so-called expansion tube.lo In this
device the steady expansion through the nozzle of the shock-tube wind
tunnel is replaced by an unsteady expansion into & nearly completely
evacuated tube. The stream velocity capability is approximately double
that of the nozzle-type facility. The steady flow duration just shead of
the unsteady expansion, on the other hand, is far shorter. Since the
exploitation of this concept is just starting, it is difficult to predict
its success. It is anticipated that simple extensions of shock-tube tech-

nology will maske it very useful.
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Ballistic Facilities

The course of imitation teken in shock-tube testing, that is provid-
ing a fast-moving hot or cold airstream, is a natural extension of older
conventional wind-tunnel technology. A completely different approach has
arisen from recent evolution of ballistic-range techniques. Development
of guns capable of firing test bodies at speeds up to 10 km/sec provides
us with the opportunity of observing actual flying bodies in the laboratory.
By suitable adjustment in test parameters it is possible to simulate in
varying degree most of the important governing phenomena. These hyper—
velocity projectors are called light-gas guns because they commonly use
hot compressed hydrogen as a propellant. Differences in detail inevitably
exist, but the schematic in Figure 6 shows the essentials of the best guns.

A small charge of gun powder is used to propel a heavy piston through
the pump tube, thereby compressing the hydrogen it contained to peak pres-
sures estimated to exceed 20,000 atm. As the pressure rises past about
1,000 atm, a thick steel diaphragm separating the pump tube from the launch hd
tube ruptures and opens in four petals; and the hydrogen propels the model
at accelerations exceeding a million g's to velocities exceeding 10 km/sec.
The piston is arrested in the conical transition between the two tubes.
These guns cen launch well-designed models of remarkable complexity with-
out damage, as will be discussed later.

The principal uses in defining the convective-heating environment
expected in hypervelocity flight have been by detection of the onset of
ablation of metal models as a measure of local maximum total heating rate,
by calorimeter measurements of the total heat transferred to models which

do and do not ablate, and by measurement of the surface-temperature histories
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of the models with on-board thermocouple circuits.

These techniques have been described in references 11 asnd 12 but
will be outlined herein for completeness. In the first method the many
shadowgraph pictures taken of the model during its flight are studied to
determine the time at which melting of the surface first commenced (see
Fig. 7). This melting permits material to flow into the wake, vhere it
can cast a shadov in the pictures. The analysis of the data consists of
finding the theoretical prediction of heating rete which predicts the
observed phenomena. This method has been checked directly against heat—
transfer measurements in shock tubes and other facilities and found to
be reliasble. OSubsequently, tests have been performed at flight speeds
above 11 km/sec (Fig. 2).

At launch speeds below about 6 km/sec the small models used in these
studies do not begin to melt, but simply absorb the heat. The second
method method of measurement uses a calorimeter, into which the model
drops, to measure this heat input. The apparatus used is shown in
Figures 8 and 9. The model, after leaving the light-gas gun, flies
along the ballistic range until it decelerates to low speed and is caught
in the laminated paper-model catcher. It then drops into a calorimeter,
where the heat increment is measured. By combining measurements made
at a variety of muzzle velocities the variastion of total heating with
speed is deduced.

The third method of convective-heat-transfer measurement is the use
of telemetered signals from the model to antennse along the flight path.
Active FM telemetry hes been developed for this work, but has not been
usable in the speed renge of interest because the acceleration loads

are too great. A passive system has been developed usiné ‘the principles
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indicated in Figures 10 and 11. In this case a model containing a com-
plete thermocouple circuit, including a four-turn coil, is fired at high
speed. The surface junction is heated and the resulting emf produces a
magnetic field. This dipole field, passing through the pickup coils,
produces signals which can be analyzed to determine the temperature his-
tory of the surface and hence heating rate. This technique has been used
to measure stagnation-point and afterbody-heating rates on blunt bodies at

speeds up to 5.6 km/sec.

RADIATIVE HEATING

As mentioned earlier, the heating environment also includes radiative
transport of energy from the hot shock layer to the surface. Since the
consequences of radiation are proportionately more severe than convec-
tion, in terms of material removal from the heat shield, it is necessary
that we measure this source fairly well for high-speed flight. The
radiation is a consequence of excitation of internal degree of freedom
of the gas molecules and atoms; if de-excitation occurs spontaneously,
rather than by virtue of collisions with other particles, radiation is
emitted. At high speeds this radiation becomes an important, perhaps,
dominant, heat load on large bodies.

The emission and absorption spectra of thermally excited gases have
been studied intensively in recent years. Several papers specializing in

thermal radiation from a.irl3’ 1k, 15

agree acceptably in the speed range
where radiative heeting is small. These same discrepancies become un-
acceptable when considering flight at 15 km/sec. Figure 12 summarizes

results from some of the experimental and theoretical work based on
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shock—tube and ballistic tests. A simple application of these data to
flight of a bluff body, 1 meter in radius, at 10 km/sec at 60 km altitude,
shows an expected radiative heat load of about 200 watts/sq cm. This is
probably not too serious, but the precipitous increases vith increasing
speed impels us to pin down the answers more precisely. The chief
experimental tools for this work are shock tubes and ballistic ranges.
This is not to say that no other facility can supply a hot-gas sample for
study; the chief Justification advanced here is that the thermodynemic
state of the gas in these two types of test is quite precisely known and
relatable to full-scale flight; since the mode of heat addition to the
gas is identical to that in flight, we have even more confidence. For
these tests the shock tube was historically first and in same aspects the
more versatile facility.

Returning to the shock tube, Figure 13, ve see that, as the incident
wave passes through the test section, it usually duplicates the normal
shock shead of & hypervelocity blumt body. The sbsolute spectral emission
from the gas behind the wave front can be determined from groups of
radiometers placed to look through the test volume. It has been found
possible to survey with sufficient spatial resolution to unravel same of
the chemical changes within the reaction zone behind the wave front. As
these net reactions cease, on reaching equilibrium, the radicmeter measure-
ments yield the type of data on which Figure 12 is based. The reaction
zone itself has attracted much interest as well becesuse the higher-than-
equilibrium temperatures result in radiation in excess of that which
would have been emitted had equilibrium been achieved instantaneously.

The chief advantages of the shock tube lie in the near-perfect

duplication of the essentially one-dimensional flow along the stagnation
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streamline near the shock. Only at very low air densities do the tube
walls interfere directly with the flow near the middle of the tube. On
the other hand, all measurements of radiation are distorted by emission
and absorption in the turbulent, nonuniform contaminated shock-tube
boundary layer. It has proven very difficult to keep contamination at
acceptable levels in many studies.

Much of the fundamental research on absolute emissive power of
particular radiating species and the reaction rates in the flow just
behind wave fronts has been done with shock tubes. Recently precise
techniques have been devised for these studies in ballistic ranges.
Radiation from camplete three-dimensionsl flow fields is also measursable
in these tests.

Essentially the hypervelocity ballistic test gives us a small object
of known shape flying at known speed through a gas of selected properties.
Within quite broad limits it is possible to simulate the physical, chemical

and thermodynamic properties of flows about full-scale vehicles.16 The

thermal radiation from these flows has been studied for several years at
Ames Research Center. In these studies the absolute spectral emitted
power is measured with radiometers mounted near the flight path of the
model. The bandpasses of these devices are made narrow enough to make
mesningful engineering measurements of heating rates but too wide to
identify radiating species. An example of such data for flight at ballis—
tic-missile speeds, taken from reference 17, is shown in Figure 1lk. The
general verification of the predictions at short wavelengths is clear;
the dependence of the infrared on model material is seen to be strong.
This latter point is a whole field of study in itself and beyond the scope
of this paper. The implications in the fields of radiative transport may

be seen.
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These measurements were made with assorted photamultiplier-filter
cambinations and are used to deduce the radiation per umit volume at the
gas-cap stagnation conditions. These figures may then be applied point
by point within the calculated shock layers of the full-scale body to
estimate complete radiative heat loads.

Recently, as implied above, Reis has used the hot-stagnation-region
ges on ballistic models as a radiation source and unusual measuring tech-
nigques to obtain the sbsolute band-system strengths of several molecular
species.18 The spectral resolution is sufficient in these tests to make
accurate independent measurements of the transition probabilities, ome of
the fundamentsl properties necessary for rigorous prediction of absolute
spectral emissive power at conditicns different from those of the par-
ticular test.

It has proven to be possible to calculate theoretically the spectral
distribution of relative intensity of remarkshly complex band systems of
molecular radiators. Recourse must be had to experiment if the absolute
strengths are to be known. In practice the factor necessary to achieve
agreement between theory and experiment is found. This factor may take
the form of a transition probability or f-number.

The required spectra were obtained photoelectrically by means of a
time-of—flight scanning spectrometer. This device is shown schematically
in Figure 15. As the model flies by in the focal plane of the collecting
mirror, the luminous gas cap acts as a moving entrance slit, sweeping out
the spectrum of the shock-heated gas on the exit slit. (That the gas
cep is the only source of radiation in the flow field and is indeed slit-
like in form is shown in a typical image-converter photograph of a plastic

model, Fig. 16.) The energy passing through the exit slit of the scanning
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spectrometer is divided; 95 percent passes through a splitter plate and
on to the cathode of an RCA 1P28 multiplier phototube. The output of
this multiplier phototube is recorded on an oscilloscope and yields a
continuously recorded spectrum over a wavelength range dictated mainly
by the geometry of the system. For the tests reported in reference 18,
the wavelength range was as a rule fram 0.290 to 0.430u. Figure 17 shows
a typical oscillogram. The remaining 5 percent of the energy passes
through a narrow-band interference filter (100 R wide between the 50-percent
response points) and onto a Dumont 6935 multiplier phototube. The output
of this phototube is displayed on an oscilloscope which has been triggered
so as to start sweeping simulataneously with the oscilloscope which re-
cords the spectrum. The auxiliary oscillogram thus allows a specific
wavelength to be transposed to the oscillogram displaying the spectrum.
Such wavelength transposition was found to be repeatable from shot to shot
to +10 K.

The time-of-flight scanning spectrometer was constructed by modifying
a Farrand uv-vis f/3.5 grating monochromator. A large opening was cut in
the monochromator housing in the region of the intended entrance slit
and the standard collecting mirror was replaced by a spherical mirror
which focused at the center of the test chamber. Further, the new collect-
ing mirror was masked down to a rectangular slot to improve depth of field
and to insure uniform illumination of the grating. The rise time of the
complete system was 25 nanoseconds and was dictated by the oscilloscope.

Another instrument was devised in order to measure the spatial dis-
tribution of radiation over the faces of bluff models. These measurements
were needed in order to substantiate calculations used in analyzing the

above test results and also to describe more completely the real distribution.
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The instrment in point required that a near head-on view of the model be
imaged on a plate having tiny orifices opening onto a phototube (Fig. 18).
The system effectively registers any light radiated fram aree sources along
the optical axis. As the model flies by the optical axis, & scan of the
shock layer occurs. Auxiliary equipment is used to determine where on the
model the scan occurred. In this mammer the actual distribution of radi-
ative heat load can be measured. More recently head-on photographs (rig.
19) have been tzken successfully using image—converter and Kerr-cell-
shutter cameras.

These photographs have been analyzed, using step-wedge filters for
£i1m calibration and microdensitometers for exposure measurements, to
yield similer heat—load distributions. The agreement between the two
systems is good. The advantage of the dissector is that it involves
fewer experimentsal steps; the advantage of the photographic system is
that is permits complete determination of the distribution rather than

a few scans.

VELOCTITY AUGMENTATIOR

Since tests at speeds above 7 or B km/sec are difficult in purely
ballistic facilities, we have superposed a countercurrent airstresm which
can move as fast as 5 km/sec. This airstream is in a reflected-shock,
hypersonic-wind~tunnel test section and the models are fired upstream
(Fig. 20). Some data have been obtained in this manner at flight speeds
above 13 km/Sec.19 The most reliable of these data, where the flow fields
were known to be in equilibrium, extend sbove 12 km/sec (Fig. 12).

The chief advantages of this test facility lie in excellent simulation
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of velocity, Mach number, Reynolds number, complete flow configuration,
and degree of equilibration of all binary-scaled chemical and physical
changes.

In still-air tests, it has proven possible to reduce contamination
to negligible levels; also no Stream boundary layer is Present to distort
the results. In sir-on tests it appears simple to reduce contamination
to acceptable levels. The drawbacks are that data extraction is not simple;
much effort is required to advence the instruments and test techniques.
The duration of observations is typically about a microsecond and the
attitude and condition of the model must be accurately registered because
it cannot be predicted. The thermodynamic simulation of the flow along
streamlines can be quite nicely duplicated, but it has as yet been imprac-~
tical to study individual stream tubes as has effectively been done in

shock-tube flows.

CONCLUDING REMARKS

The use of shock tubes, ballistic ranges, and combinations thereof
in simulation of convective and radiative heat loads has been described.
The complementary nature and the highly independent techniques used in
these facilities lend great strength to the research results where they
agree. The shortcomings of these facilities are such that, if possible,
both should be applied to important problems. When all-out performance
is required, the combination of the two can clearly provide advantages.
That these advantages are becoming more widely recognized is demonstrated

by the construction of new facilities at Arnold Engineering Development
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Center and Boeing Campany, Seattle, similar to those in service at Ames

Research Center since the lsate 1950's.
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Figure 1. Theoretical laminar convective heating at stagnation point of
hypervelocity spheres.
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Figure 2. Experimental laminar convective heating at stagnation point of
hypervelocity spheres.
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Figure 3. Simple shock tube.
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Figure 7. Shadowgraph sequence showing onset of ablation.
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Figure 8. Ballistic range arrangement for calorimetry
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Figure 10. Thermocouple model for stagnation-point heating tests.
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Figure 11. Ballistic range arrangement and antenna for thermocouple model flights.
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Figure 12., Variation with velocity of emissive power of air behind normal
shock waves.
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Figure 15. Time-of-flight scanning spectrometer.
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Figure 16. Image-converter photograph of polyformaldehyde model in flight at
5.5 km/sec; p_ = 60 mn Hg.
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Figure 19. '"Head-on" photograph of polycarbonate model flying through air
5 at 6 km/sec; p, = 60 rm Hg.

- Figure 20. Schematic of counterflow facility.
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