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the work at TEECO. The program was under the technical direction of R. Boring of the 

Jet Propulsion Laboratory. 
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vided through the courtesy of the Missileand Space Systems Division of the Douglas 
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ABSTRACT 

3 3f77 
This report covers a study program to establish the governing parameters for an experi- 

mental flight test of a solar thermionic electrical power system. Three different missions 

are suggested for the flight experiment. Selection of the orbit, launch vehicle, appro- 

priate eecondary experiments and thermionic system size is made for each mission. 

Conceptual spacecraft designs a re  included for each of the suggested missions. Concep- 

tual designs are developed for the primary and secondary experiments, and the major 

spacecraft subsyakma. Drawings a re  presented for the resulting spacecraft configura- 

tions, The results of the study indlcate that a successful thermionic flight experiment 

is within the present component state-of-the-art. In addition the study results show that a 

sun pointing SPaCeOraft of the type required for conducting a solar thermionic flight ex- 

periment offer8 an attractive space platform from which many valuable scientific and 

engineering experiments could be perr'ormed. 
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1. STUDY SIJMMAHY 

1.1 INTRODUCTION 

A thermionic oonverter is a static device which is capable of converting heat energy 

directly into electrical energy by utilizing the thermionic emission process. The 

thermionic converter is basically a simple device consisting of a hot emitter ( l G O O O -  

18OOOC) emitting electrons to a lower temperature collector (700O- 1000°C). The electrons 

return to the emitter through an externally connected load resistance where they can be 

made to  perform useful work. Thermionic converters, may be used in conjunction with a 

variety of thermal energy sources such as: 
* 

Nuclear Chemical 

Radiois dope Solar 

Fossil Fuel 

This study deals with solar thermionics. In the case of solar thermionics the 6un in 

oonjuncticm with a parabolic solar concentrator is the source of thermal energy. The 

oohoentrator oollecte the solar energy and cancentrates it up to 12,000 times into a 

oavity-abeorber canefating of the emitter faaes of several  thermionic converters.3A 

flight experiment designed to  demonstrate the feasibility of solar thermionics as a means 

of supplying spacecraft electrical power is the object of this study. 

, 

In 1958 it beoame apparent that the power output and efficiency of thermionic converters 

could be greatly improved as a result of two developments. The first  of these was the 

r e a h a t i o n  that by suitably arranging the work-function difference between the emitter 

and collector the converter power output and efficiency could be greatly increased. The 

second improvement was the development of effective methods of overcoming electrou 

space charge. Some of the technique8 employed to accomplish this are: (1) close emitter- 

collector spacing, and (2) the introduction of positive ion8 into the interelectrode space. 0 
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* 
The most important development during this time period was the introduction of cesium 

vapor into the converter interelectrode space. This gas is absorbed on the collector 

surface producing the desired low collector work function. Also, because of its low 

ionization potentla1,cesium is readily ionized either by surface ionization a t  the hot 

emitter or by electron impact in the interelectrode space, and therefore, produces 

positive ions which help to overcome electron space charge effects. 

Since 1958 rapid progress has been made in the development of thermionic converters. 

From.the research Laboratory devioes of 195 6, which produced milliwatts, have evolved 

converter designs suitable for engineering applications which at an emitter temperature of 

2000% have demonstrated efficiencies to 17 percent with power densities of 20 watts per 

square centimeter. Engineering hardware converters a re  currently operating which have 

recorded over 6000 hour8 of continuous life testing without a measurable decrease in 

performance. Similar converters have been subjected to 20 g nicchanical vibration levels 

and lOOg shock levels with no sQn of performance degradation. 

NASA sponsorship of the development of solar thermionics as a potential spacecraft 

power source was initiated in 1961. The collaboration of several prominent industrial 

DmtrtLators wae eolbaited in the development efforts. HQh performance and lmg life 

convertere have been aohleved a8 a result of tbb collaboration. Cavity-absorber des- 

have been &vela@ and bested which minimize the thermal losses from the generator. 

The capability to fabrioate light-weight solar cancentratore of the required geometrical 

accuracy has been demonstrated. Several solar thermionic generators have been 

developed and ground tested. One of theee generators is shown in Figure 1-1 undergoing 

solar teetbg. Thermianio generator power outputs as high a s  138 watts at 6.1 percent 

efflciency have been obtained.during eolar testing of a five converter generator. 

Solar thermionios has reached the stage of development where a flight experiment is bbth 
feasible and necessary if it is to be develaped as a spacecraft electrical power source. 

A fli@t experiment is needed to dccomplish the following: 
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a. 

b. 

C. 

/ . - c  1 

Demonstrate, in the space environment, the feasibility of solar thermionics as a 

means of supplying electrical power for space vehicles. This type of test is an 

essential step in the development of an operational system. 

Determbe the effects of the space environment on the solar thermionic system 

components, such aa the solar ooncentrator reflectivity, thermal stability and 

micrometeoroid resistance. It is impossible to adequately evaluate, by simulated 

earth test@, the effects of such space environmental factors as: 

Temperature 

Pressure 

Mic rometeorolds 

Electromagnetic Radiation 

Geomagnetic Fields 

Charged Partioles 

Zero Gravitv 

Simultaneow earth simulation of these quantities is impossible for two principal 

maaon8: (1) The uncertainty iu the spaoe environment and (2) The difficulty in 

oitnutotfng effeotively those oharscteristics known to be present. The problems 

d otmulation become particularly difficult when the necessity for long duration 

teats and combinations of physlual effects are considered. 

Measure the thermionic system performanue in the space environment and 

cor reh te  this with the estifnatcd performance. With existing facilities it is 

impossible to earth test a completely assemblcd solar thermionic system de- 

elgned for epace operation, The major difficulty arises 8s a result of the need 

to simulate the solar energy input available outside the earth's atrcospllere. If 

the testa are conducted using the solar energy available at earth the energy 

density (watts/ft2) is inadequate (approximately 90 watts per square foot 
maximum commred with the 130 watts D e r  sauare foot available above the 

1-4 



The objwtives ob 'thie study were to: 

d. 

I 

earth's atmosphere). On the other hand there is no known solar simulator 

available, or planned, that can provide the high degree of collimation required 

for testing a solar thermionic system. As a result it appears that the solar 

thermionic system components will continue to be tested separately and the total 

system performance estimated from the component performances. It also 

follows that the components will have to  be tested under conditions different 

from those they will be expected to operate under and the performance estimates 

at the design point based on extrapolations of these data. It w i l l  be essential 

that dctual system performance in space be correlated with estimated performance 

baed on earth tests. 

N 

Demonstrate the attitude controlsubsystem's ability to maintain the high degree 

of sun pointing accuracy required (A 0.1 degrees). As experience on the OAO 

Program ha8 shown,this is very difficult and expensive to accomplish on earth 

primarily because of the anlsoelastic effects (effects cd gravity on the non-rigid 

epacecraft structure). 

1.1.1 OBJECTIVES 

a. Define the requirements for a solar thermionic flight experiment including 

determination of suitable solar thermionic system sizes and selection of 

appropriate orbite and launch vehicles. 

b. Identify additional experiments that a r e  of scientific and engineering importance 

that oould be included, in a secondary capacity, a8 part of a solar thermionic 

f&ht experiment. 

8 
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c. Develop conceptual designs for a spacecraft capable of conductlng the primary 

solar thermionic flight experiment and the selected secondary experiments. 

1.1.2 GROUND RULES 

The imposed constraints a r e  summarized here since they represented the starting point 

for the study. 

Five basic types of orbits were specified for consideration: 

a. 

b. Sun-synchronous daylight orbit 

C. 

d. Stationary earth synchronous orbit 

e. Solar probe orbit. 

Circular orbit with a 5 to 3 light to da rk  ratio 

Elliptical orbit with a high light to shadow ratio 

In addition to the specified orbits, five ground rules were established at the outset of the 

6tUdy 

a. ”ha experimental thermionic ayetern must generate a minimum of 100 watts. 

b. The thermionic generator would contain four converters. 

c.  The spacecraft power requirements would be supplied by a combination of silicon 

solar cells and reohargable nickel-cadmium batteries. To properly evaluate 

the performame d the solar thermionics portion of the experbnent, it is necessary 

to have a separate spacecraft power supply; so there is no dependence on the 

power generated by the thermionic generator. * In this manner, if there were a 

degradation or complete failure d the thermionic generator, the spacecraft 
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would still be operational and the reasons fair the failure could be evaluated. In 

addition, failure of the thermionic generator would by no means put an end to 

the value of the experiment. Valuable information could still be obtained from 

the orientation and solar concentrator subsystems which will  be instrumented to 

allow performance evaluation. Also, the secondary experiments would continue 

to yield valuable engineering and scientific data. 

d. The number of ground stations needed for the telemetry, tracking and command 

funotions and the demands on these stations were to be minimized in order to 

avoid priority problems and reduce the cost of data acquisition and handling. 

e. The study was to be based on a spacecraft design life of one year. A design life 

on the order of oneyear is considered desirable for coniplete evaluation of such 

factors as the effects of the space environment on the life of thermionic converters 

and the performance of solar concentrators. 

f .  A 1967-69 flight period was assumed In formulating the spacecraft designs. This 

period is considered to be in keeping with the present rate of development of the 

solar tfiemaionic electrical power system. a 

' In addition to the specific ground rules outlined above,the governing philosophy was to  

design a solar thermionic experiment, based on present state-of-the-art capability, that 

will  demonstrate solar thermionio system performame in the space environment. In 

addittan, this experiment w l l l  provide the technical lnformation needed for further 

refinement of this static energy conversion system thw achieving the original NASA goals 

of develapiug an attractive means for providing spacecraft electrical power. 

*Although the experiment design proposed in this study does not include such a feature, it 
is possible to design the experiment so that during portions of the rnis~iou, the solar 
thermionic system could be wed to supply all or  part 3f the spacecraft power requirements, 
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The results presented in this report conform with the ground rules outlined here. 0 

1.1.3 CONCLUSIONS 

The results of this study indicate that a successful solar thermionic flight experiment is 

possible with present state-of-the-art capability. This experiment will allow complete 

evaluation of all the major components making up a solar thermionic electrical power 

system. 

In addition, the study results show that a spacecraft of the type required for conducting 

a solar thermionic experiment offers an attractive space platform, principally because 

of ita highly accurate sun pointing feature, from which many valuable scientific and 

engineering experiments could be performed. 

1.1.4 STUDY APPROACH 0 
To accomplish the s M y  objectives the program was divided into two phases: 

Phase I - Miasion Analysie 

Phase II - Gpacecraft Design 

The mission analysis considered various orbits, launch vehicles, s o h  thermionic system 

sizes and secondary experiments; and selected the most meaningful conibinations of these 

elements for the first solar thermionic flight experiment. These delected combinations 

are referred to in thfe report as missions. Phase Il d the study developed conceptual 

spaoecraft designs for carrying out the missions defined in Phase I. These spacecraft 

desQns include conceptual designs for the solar thermionic experiment, secondary 

experiments, vehicle instrumentation, T T W  Subsystem, attitucle ccmtrd FUkJSySt,elll, 

power sulisystem and thc s t m C t U r c  necessary to integrate the experiments 3rd Subby EteIii~ 

# 

\ 

into a spacecraft configuration. 8 0 
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1.1.5 REPORT ORGANIZATION 

The Solar Thermionic Flight Experiment Study Report ia divided into four volumes. These 

volumesbreakdown along the line8 of the Mission Analysis and Spacecraft Design phases 

described in the preceding paragraph. The contents of each volume are sunimarized In 

Table 1-1. 

Table 1-1. Volume Breakdown 

VOLUME 

I 

n 

I11 

IV 

TITLE 

study summary 

Mission Analysis 
(Phase I) 

Spacecraft Design 
(Phase n) 

Appendices 

C OK 'I' E N T 

Summary of Study Results 

Mission analysis phase of the study In- 
cluding orbit selection, Launch vehicle 
considerations, thermionic system perform- 
ance estimates, evaluation of secondary 
experiments and spacecraft subsystem 
tradeoff s. 

Conceptual epacecraft designs for the 
missions defined in Phase 1. Includes 

-designs for the solar thermionic experi- 
ment, TT&C subsystem, attitude control 
subsystem, power subayetern, spacecraft 
oanfiguratlon and identification of the 
instrumentation required. 

Detailed calculations and supporting 
material that W ~ B  not included in 
Volumes I, II or In. 

The Study Summary presents only the study results with the details of how these 

result6 were obtained being included in Volume I1 and Volume 111. These latter two 

volumes are divided into thirteen major seotions. Theee sections a r e  so arranged as 

to present a logioal development of the spacecraft design when read in order. 
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1.2 SELECTED MISSIONS 
I 

0 
Three potential missions were defined for a solar thermionic flight experiment. These 

missions are destgnatbd, in order of preference, as Missions A, B and C and their 

primary c h m t e r i s t i c s  are summarized in Table 1-2, The only major difference 

between the selected missions is the orbit. Some minor component changes must be made 

for the different cases but the baeic spacecraft structure is the same and a version of the 

same launch vehicle is used in all three cases. The primary solar thermionic experiment 

design is identical for each of the missions. The secondary experiments included on board 

the spacecraft vary somewhat between missions because of the different orbits employed, 

but the differences &re small. A common spacecraft deslgn offers the advantage of 

allowing the different missions to be flown with the same basic spacecraft, thus increasing 

the prqram flexibility and reducing the cost if more than one of the niisslons a r e  under- 

taken. 

The seleoted orbits and launch vehicles, and the spacecraft design a r e  described in the 

following seotions. 

1.8 ORBITS 

The advantages and disadvantages of the various orbits considered are summarized in 

Table 1-3. Based on these advantages and disadvantages the selected orbits are: 

Mtssion A - Modified Sun-Synchronous 

Mission B - Highly Elliptical 

Mission C - Low Altitude Circular. 

The stationary earth synohronm or solar probe orbits.are not considered suitable for 

the first solar thermionic flight experiment. The stationary earth synchronous orbit 

was rejected primarily because of the cost and complexity associated with establishing 

and maintaining this type of orbit. The major objections to the solar probe orbit a r e  the 
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Table 1-3. Advantages and Disadvantages of Various Orbi ts  
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serious deslgn problems resulting from the large change in solar intensity encountered 0 
throughout the orbit. 

The selected orbits are dkcussed below. 
i 

1.3.1 MISSION A ORBIT 

Primarily because it can provide an initial shadow-free period followed by the introduction 

of a shadow period in the latter phases of the experiment, the modLfied sun-synchronous 

orbit is far more attractive than any of the orbits considered for the thermionic 

experiment. The advantages provided during the initial shadow free period are: 

a. An uninterrupted evaluation of the thermionic experiment can be made. 

b. An uninterrupted evaluation can be made of all secondary experiments that re- 

quire sun orientation. 
0 

c. With no shadow periods, the   eve re thermal cycling problems a r e  eliminated and 

the eolar thermionic system life and reliability increased. 

d. Thermionic generator warm-up problems such as getting the cesium reservoir 

up to temperature after each dark period are eliminated. 

e .  The attitude oontrol function Is shhplified because the sun reference is never 

shadowed. b 

f .  The spacecraft thermal control problems are reduced. 

g. The demands on the rechargable battery are greatly reduced. 

1-13 



:.. , . i. 1 

0 The introduction of a shadow period in the latter phase of the ~nission gives the added 

advantage of allowing the effect of dark periods to be evaluated. Since the majority of 

apace missicme for which solar thermionics wffl be a potential power system would involve 

shadow periods, this information is needed. Other advantages a r e  listed in Table 1-3 

which contribute substantially to making this orbit the number one selection. 

Since spacecraft weight is not a serious problem with the lamch vehicles recommended, 

the solar cell shielding weight associated with the severe radiation environment 

encountered In this orbit is not considered a significant disadvantage. However, the 

degradation resulting from radiation induced surface effects on transistor3 and diodes 

will require further investigation. It appears that radiation induced surface effects could 

represent significant spacecraft design and/or life penalties but no firm conclusions ca.n 

be drawn until thls area is investigated in greater depth. To do so will require det?iled 

circuit designs which are beyond the scope of this study. Siiice this represents the only 

apparent potential disadvantage of the modified sun-synchronous orbit this situation should 

be resolved. 

1.3.2 MISSION B ORBIT 

A highly elllptfd orbit was selwted as the skond most suitable orbit for conducting a 

solar th4un$ianfo experiment. However, because it cannat provide a completely shadow 

free perlod it is considered far less attractive than the modified sun-synchronous orbit. 

Its major advantage, compared with the modified sun-synClnronous orbit, is that the wide 

variation in orbit altitude provides a platform for performing valuable scientific 

measurements of euch quantities as the proton and electron spectra. Although it does not 

offer a completely shadow free period, it does offer a high light to shadow ratio and a long 

orbital period. This assures long periods ( 1 2  hours or more) of daylight for operating 

the thermionics experiment and minimizes the thermal cycling. 

. 

Communication for the highly elliptical orbit is more difficult than It is with the modified 

sun-synchronous orbit and requires the use of more ground stations. 
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Also, the relatively long shadow period compared with the niodified sun-synchronous 

orbit (2 hours compared with 0.4 hours) may create thermal control problems for the 

highly elliptical orbit* 

1.3.3 MISSION C ORBIT 

Of the five basic types of orbits considered, the low altitude circular orbit is ranked 

third. Although a solar thermionic experiment could be conducted from this type of 

orbit, it is not as attractive as the orbits selected for Missions A and B. Compared to 

the two orbits ranked above it, the low altitude circular orbit has no advantages and, 

as indicated in Table 1-3, it has numerous disadvantages. It was included in this study 

because it offers advantages for seoond or third generation solar thermionic f lkh t  

experiments where the effecte of orbital thermal cycling may be a major objective. This 

type of orbit would be af particular importance for a solar thermionic experiment 

involving thermal energy storage. 
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1. 4 LAUNCH VEHICLES 

The following were coneidered as potential launch vehicles for a solar thermionic flight 

experiment, 

ATLAS D THOR AGENA D 

ATLAS AGENA B TAT AGENA D (TAT-THRUST AUGMENTED THOR) 

ATLAS AGENA D DELTA 

SCOUT TAD (THRUST AUGMENTED DELTA) 

THOR ABLESTAR IMPROVED DELTA 

THOR AGENA B 

r 

From this list one of the IMPROVED DELTA launch vehicle configuratichs is recommended 

for each of thr three selected missions. 

"he basic IMPROVED DELTA configuration is shown in Figure 1-2. The IMPROVED 

DELTA, designated the DSV-SE, i s  presently under development. This vehicle is  scheduled 

to be available in third quarter of 1965 and is basically an augmented DELTA (DSV-X) with 

a larger improved laecond stage and larger payload fairings. The first stage is a modified 

thrust augmented DELTA (TAD) booster. The second stage vehicle consists of two major 

componen&; the AJlO-118E liquid propellant prbpulsion system and the guidance compart- 

ment structure. The third stage/spacecraft fairing attaches to the forward face of the 

guidance compartment structure and protects the third stage motor and spacecraft from 

aerodynamic heating during the boost flight. 

1 

The first stage liquid propellant booster is powered by a gimballed main engine and initially 

augmented by three externally mounted solid propellant motors equally spaced around the 

perihphery of the stage, The three solid propellant motors a re  jettisoned simultaneously 

after solid propellant burnout, The AJ10-118E second stage pressure fed propulsion system 

utilizes LRFNA and UDMH as  propellants. The thrust chamber assembly is mounted on a 

gimbal system for attitude control (pitch and yaw) during powered flight. Roll control during 
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IMPROVED DELTA OUTBOARD PROFILE I M P R O V E D  DELTA INBOARD PROFlLE 

r n i R D  STGE 

S P A C E C R A F T  C L I R  INQ 

S F C U N U  STAGE 

. ---- 

TRANSITIOP. , 
9.5 C T I ON 

F U E L  T A N K  

S E C T l O h  

U 

s 

Figure 1-2. Improved Delta Launch Vehicle 
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powered and coast flight and pitch,and yaw control during coast fligh?, is ach!eved hg' the 

. second stage cold gas system. The second stage guidance compartment structure houses 

the flight control system, the radio guidance 'system, the velocity cutoff system, instrumen- 

tation, range safety system, tracking and power systems. 

The primary differences between the IMPROVED DELTA second stage propulsion system 

(AJ10-118E) and the present DELTA second stage propulsion system (AJ10-118L)) are in the 

tankage and aft skirt  aesemblies. The tankage diameter has been increased from 32 inches 

to 54.7 inches, thus more than doubling the propellant capacity. The aft skirt has been re- 

vised to attach to the larger diameter tankage. The second-to-third stage interstage structure 

includes the spin table and is mounted a t  the forward end of the guidance compartment struc- 

ture and supports the third stage vehicle. The third stage propulsion system is the ABL 

X258-E2 solid propellant rocket motor which is  also used on the standard DELTA (nSV-3C).  

An attachment, from which the spacecraft is supported, i s  mounted to the forward shoulder 

of the third stage motor. The spacecraft attachment fittings include provisions for separating 

the spacecraft, at the epacecraft-support structure interface, from the expended third stage 

motor. 0 

The larger  diameter of the IMPROVED DELTA second stage allows larger diameter payload 

fairiws than were possible with the etandard DELTA (DSV-3C). The IMPROVED DELTA 

uses the standard AQENA D fairings which greatly increases its payload volume capability 

over the DSV-3C. .2 

The IMPROVED DELTA reprebents a very versatile launch vehiclr. It can be used in the 

configuration described above which constitutes a three stage vehicle with f i r s t  stage aug- 

mentation. If the first etage augmentation is not needed the DSL'--9E can be employed as a 

non-augmented three stage vehicle. Finally, for applications w h e r e  an even smaller payload- 

orbit capability is required the third sL7ge solid motor can be omitted and Ody the first  two 

stages used. These various combinations have the follow ing dehigilations- 
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a. DSV-3E - Three stage vehicle with first  stage augmentation 

b. DSV-3F - Three stage vehicle without augmentation 

c .  DSV-3G - Two stage vehicle (omit X-258 solid) with first stage augmentation 

d. DSV-3H - Two stage vehicle without augmentation 

The IMPROVED DELTA then can be used as a two o r  three stage launch vehicle and with o r  

without augmentation depending on the particular requirements. The recommended versions 

of the IMPROVED DELTA for the three selected missions are:  

a. Mission A - IMPROVED DELTA DS\1-3E 

b. Mission B - IMPROVED DELTA DSV-3E (F i rs t  stage floxed 30 percent) 

c .  Mission C - IMPROVED DELTA DSV-3H 

The reasons for selecting a DELTA class vehicle are summarized below: 

0 a. Based on actual flight records, the DELTA class of launch vehicles have demon- 

strated a significantly higher reliability than any of the other vehicles considered. 

For equivalent payload-orbit Capability, the DELTA series h a s  the lowest cost of b. 

. the vehicles considered. 

c .  The DELTA series of launch vehicles provide a wide range of payload+rbit capa- 

bility. This minimizes the chances of paying for booster capability that i s  not 

needed. 

The DELTA ser ies  were the only launch vehicles considered that a re  not engaged in 

orbiting classified military payloads. In additlon, the DELTA ser ies  are NASA 

vehicles, These two conditions should minimize priority problems in obtaining a 

vehicle and scheduling launches. 

d.  

6 The specific rea6on8 for choosing the IMPROVED DELTA from the various DELTA con- 

figurations available are: 

a. The payload fairings associated with the IMPROVED DELTA allow solar concen- 

trator diameters essentially as large as  those obtained with any of the vehicles 
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considered and substantially larger than allowable with other vehicles in the DELTA 

series. These allowable concentrator diameters a r e  large enough (57 inches max- 

imum) t0 obtain the minimum acceptable thermionic generator output of 100 watts, 

0 
with a sizable margin of safety (a concentrator diameter of 42 inches is required 

to obtain 100 watts). Having this safety margin simplified the spacecraft design 

and also permitted the use of a solar concentrator diameter of 50 inches, which 

is required if thermionic emitter areas of two square centimeters a re  to be used. 

Areas of two square centimeters are highly desirable since all of the existing ex- I 

perience has been with emitter areas of this size. 

b. Since the IMPROVED DELTA can be used in four different configurations (DSV-3E, 

3F,  3G and 3H),  which cover a wide range of payload-rbit capability, it represents 

a very versatile launch vehicle. For example, assume a mission were designed 

around the DSV-3H vehicle a s  is the case with Mission C. If for some reason, such 

as a change in the planned orbit, an overweight spacecraft, etc. , greater booster 

capability were required a switch to the DSV-3E launch vehicle could be made. Since 

all of the IMPROVED DELTA configurations a re  modifications of the same basic 

vehicle, and they all employ the same payload fairings, this change could be made 

with the minimum of difficulty. This might prove particularly attractive for second 

or third generatton missione where a significant change in the spacecraft orbit could 

be made without a major redesign of the spacecraft. 

There are three potential disadvantages with using the IMPROVED DELTA launch vehicle. 

Firs t ,  since it is not scheduled to become operational until the third quarter of 1965, it  is 

not now operational and therefore' its performance has not been demonstrated. However, if 

the present echedule is held, the vehicle availability should not present a problem for a 

solar thermionlc flight experiment. Also, this i s  not an entireiy new vehicle since, in 

general, the IMPROVED DELTA'will employ the same baeic components a s  the current 

DELTA (DSV-3C), and is therefore expected to have the same high reliability. 

Secondly, the DELTA class of vehicles does not a t  present have Western Test Range launch 

capability which is advantageous for achieving polar o r  near polar orbits. This capability is  

scheduled to be available in the first  quarter of 1966 and, therefore, should present no prob- 

' l e m s  for this program. 
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0 Finally, the DELTA series of vehicles have, in general, a more severe launch acceleration 

and vibration environment because of the solid stages employed. A detailed design analysis 

will have to be performed before the effects of the launch environment can be established, 

but based on past spacecraft design experience, no extremely difficult problems are an- 

tic ipated. 

These three potential disadvantages are not considered serious at this point. 

i 
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1.5 SPACECRAFT DESIGN 

The proposed spacecraft design is shown in Figure 1-3. This'same basic design is used for 

Missions A, B and C, with the minor component and secondary experiment changes required 

between missions indtcated on the drawing. A detailed spacecraft weight breakdown for 

Missions A, B and C is given in Table 1-4. The Mission A, B and C spacechft  weights are 

360, 373 and 404 pound respectively. 

A description of the spacecraft configuration and the major subsystems is included in  the 

following sections. 

1.5.1 CONFIGURATION' 

The spacecraft body is an eight-sided prism with flat ends. The components a re  mounted in 

modular fashlon on the eight side panels (see panel layouts Figure 1-3). A s  far  as possible 

0 all of the components comprising a specific subsystem are located on the same panel. This 

simplifies assembly and chcckout of the spacecraft. In order to obtain the desired center of 

gravity location and bdlance the moments of inertia, it was not possible b follow this rule 

In all cams, Four of the eight epacecraft sides have active thermal control. The remaining 

four eidea are qqed for mounting the attitrade control nozzles, the telemetry antenna, and 

hardware abeociated wfftr the secondary experiments. 

* 

The lower octagonal face of the vehicle body is used for mounting the experiments and sensors 

that must see earth. This end of the spacecraft mates with the truncated conical adapter. 

The upper ootagonal face of the vehicle body is used for mounting the solar thermionic system. 

Four deployable panels, hinged off U s  upper face, are used for mounting solar cells and the 

sun-pohthg secondary experiments. The spacecraft body is built from two octagonal 

machined frames joined by vertical'members at the eight corners. Hinge fittings for the 

four deployable panels and support fittings for the solar thermionic system are bolted to the 

upper machined frame. 

0 
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Fig& 1-3. Spacecraft 
Configuration Missions A, B and C 
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Table 1-4. Spacecraft Weight Breakdown 

Subsystem and Component 

ATTITUDE CONTROL 

Momentum Flywheel (2) 
Roll, Pitch, Yaw Gyros and Electronics 
Power Supply (AC and DC) 
Sun Sensors and Electronics 
Programmer and Logic 
Attitude Control Electronics (3) 
IR Sensors and Electronics 
Thermal Sensors 
Pneumatic System 

Gas (Nitrogen) 
Tank 
Fill and Check Valves and Filters 

Regulator 
Solenoids (7) 
Nozzles and Orifices (8) 
Rblief Vdva 

' Pressure Transducer (2) 

* Lfnss, FiWnge, Clips, Bracketry 

POWER SUPPLY 

Primary Battery 
Secondary Battery 
Charge Regulator 
Power Control Unit 
Solar Array Harness 
Inflight Disconnect 
Solar Array 

Structure and Restraints 
Solar Cells 

Miesion A 
Weight 

(Lb) 
~~ 

(65.9 ) 

11.0 
11.0 
11.5 

2.0 
2.5 
7 . 0  
1.0 
0.2 

19.7 
3.0 
4.1 
2 . 2  
0. 8 
2.5 
2.8 
1.0 

.8 
2.5 

L 

(34.4) 

1.5 
12.6 

3.1 
0.8 
0.8 
0.5 

15.1 
6.0 
9.1 

- 

Mission B 
Weight 

(Lb) 

(59.2) 

9.0 
11.0 
11.5 

2.0 
2.5 
7 . 0  
1.0 
0.2 

15.0 
0.9 
1 .3  
2.2 
0 .8  
2 . 5  
2.8' 
1.0 

.8 
2.5 

- 

(49.8) 

1.8 
27.8  

3.6 
0.9 
0 . 8  
0.5 

14.4 
6 . 2  
8.2 

Mission C 
Weight 

(Lb) 

(75.5) 

17 .0  
11.0 
11.5 

2.0 
2. 5 
7 . 0  
1 . 0  
0.2 

29. 3 
4 . 5  
6.2 
2.2 
0.8 
2.5 
2.8 
1.0 

. a  
2 . 5  

(55.6) 

1.5 
28.5 

4. 5 
1.2 
1.0 
0 . 5  

18.4 
7 . 9  

10.5 

- 
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Table 1-4. (Cont.) Spacecraft Weight Breakdown 

Subsystem and Components 

TELEMETRY, TRACKING AND COMhZAND 

Antenna and Connectors 
Dip1 exe r (Antenna) 
Command Receiver (2) 
Command Recoder (2) 
Magnetic Core Storage Units (2.5 lb ea.) 
Storage Control Circuitry 
'PCM Encoder 
TT&C Power Converter 
Signal Conditioners 
Transmitter and SCO (2) 
Tracking Beacon 
Programmer 
Mu1 tip1 exer (Antenna) 
Magnetic Tape Recorder 
Tracking Tr  amponde r 
Coax Cabling 

SECONDARY EXP ERIM EKTS 

Solar Cell Radiation EEect 
Thermal Coatings 
Solar Concentrator Reflective Surfaces 
hfrared Detector 
Laser Experiment 
Low Thrust Electric Engine 
Micrometeoroid Detection 
Proton and Electron Spectra and Direction 
Solar X-rays 
3olary Rayrs 
Earth Albedo 
Ultraviolet Radiation 
Lyman-Alpha 

Mission A 
Weight 

(Lb) 

(43.8) 

1.0 
1.0 

3.0 
5 . 4  

20 .0  
1 . 0  
3 . 0  
2 .0  
1 . 0  
1.4 + 

1.0 
2.0 

. 

--- 
--- 
2.0 

(82. 8) 

0 . 5  
2.0 

27.0 
3.0 

10.0 
2.3 
8.0 
8.0 
3.0 
8.0 

5 . 0  
6.0 

--- 

- 
Mission B 

Weight 
(Lb) 

(46.8) 

1.0 ---- 
3 . 0  
5 . 4  
--- 
--- 
3.0 
2 . 0  
1:o 
1.4 

2 . 0  
1 . 0  

20.0 
5.0 
2.0 

--- 

(82.3) 

--- 
' 2.0 

27.0 
3.0 

10.0 
2 . 3  
8 . 0  
8 . 0  
3 .0  
8.0 

5 .0  
6.0 

--- 

1 . .  L /I 

Mission C 
Weight 
(W 

(48.8) 

1.0 
1.0 
3 . 0  
5 . 4  

'5.0 
1 . CJ 
3 . 0  
2.0  
1 .0  
1.4 
1.0 
2.0 
--- 
--- 
--- 
2.0 

(87 .3)  

-_- 
2.0 

27.0 
3.0 
10.0 

2 . 3  
8.0 
8.0 
3 .0  
8.0 
5 . 0  
5.0 
6.0 
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Table 1-4. (Cont. ) Spacecraft Weight f3rcn.kdon.n 

~~ ~ 

Subsystem and Components 

PRIMARY THERMIONIC EXPERIMENT 

Gene rat  o r  
Parabolic Concentrator Surface 
Generator Mounting Ring 
Truss Tubes (3) 
Tube Fittings (3) 
Suppofi Torus 
Support Link (3) 
Yoke (Includes Bearings) (3) 
Support Fitting (Includes Bearings) (3) 
Tie-In Ring 
RTV Bond 
Control Electronics 
Generator Electrical Leads 
Reflectometer 

DIAGNOSTIC INSTRUMENTATION 

Current Detectors 
Voltage Detectors 
Temperature Sensors 

THERMAL CONTROL 

2 
Active Thermal Control (12 ft ) 
Insulation (4.7 lb/ft3 - 1/2 in thick, 

Paint and Grease 
Heaters 
Mi80 

0.20 lb/ft2) 

HARNESSING 

Mission A 
Weight 

(Lb) 

(38; 2) 

5 . 7  
9.8 
0.3 
0.7 
0.1 
2.2 
0.1 
0.3 
0 . 3  
0 . 2  
0. 5 
6.0 
7.0 
5.0 

( 2 . 8 )  

1.1 
0.5 
1.2 

( 2 2 . 0 )  

15.0 

5.4 
0.6 
0 . 5  
0 . 5  

(28.4) 

Mission B 
Weight  

(Lb) 

( 38.2) 

5 . 7  
9.8 
0 . 3  
0 . 7  
0.1 
2 . 2  
0.1 
0 . 3  
0 . 3  
0.2 
0. r, 
6 .0  
7 . 0  
5.0 

( 2.8) 

1.1 
0 . 5  
1 . 2  

( 22.0) 

15.0 

5.4 
0.6 
0.5 
0.5 

(30.4) 

Mission C 
Weight 
(Lb) 

(38.2) 

5 . 7  
9.8 
0.3 
0 . 7  
0.1 
2 . 2  
0.1 
0 . 3 '  
0 . 3  
0.2 
0.5 
6 . 0  
7 . 0  
5 . 0  

( 2.8) 

1 . 1  
0. 5 
1.2 

( 22.0) 

15.0 

5.4 
0.6 
0.5 
0 . 5  

(32.0) 
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Table 1-4. (Cont.) Spacecraft Weight Breakdown 

Subsystem and Components 

STRUCTURE 

Side Panels (Honeycomb) (8) 
Top and Bottom Fill Panels 
L's, T'e (Framing) 
Bulkheads (Internal) 
Tank Support Structure and Fittings 
Gussets and Misc. Structure 
GSE Fittings 
Experiment Panels and Hinges (2) 
Solar Platform Locks 
Separation Ring and Band 
Hardware 

TOTAL SPACECRAFT WEIGHT 

Mission A 
Weight 

(Lb) 

(41.8) 

9.6 

9.2  
3 .7  
1 .6  
0 . 3  
0 .8  
3 . 3  
0 . 8  
3 .9  
3 . 8  

4. a 

~~ 

360.1 

Mission B 
Weight 
(W 

(41.8) 

9 . 6  
4 . 8  
9 .2  
3 . 7  
1 . 6  
0 . 3  
0.8 
3 . 3  
0.8 
3 . 9  
3 . 8  

Mission C 
Wci ght 
(Lb) 

(41.8) 

9.6 

9.2 
3 . 7  
1.6 
0 . 3  
0.8  
3.3  

3 . 9  
3. s 

4. a 

0. a 
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The octagonal ends of the body are'partially closed by light honeycomb panels, Four faces 
of th body have temperature control louvers mounted to the exterior faces. The remain- 

ing four faces are covered with a multilayer superinsulation, except for the cut-outs required 

for  sensors, attitude control nozzles, etc. 

The attitude control gas tank and associated hardware is mounted on a trusswork in the center 

of the vehicle body. This location is chosen-to minimize the center of gravity shift with gas 

usage. 

A11 machined parts of the body are magnesium, and all body panels are aluminum. 

As shown in Figure 1-3 the solar a r r ay  consists of two recbngular hinged panels providing 

approximately 14 square feet of solar array area for Missions A and B and 18 square feet for 

Mission C. The solar cells are mounted on aluminum channels, each channel constituting a 

solar a r ray  module. These channel sections a re  supported and ,stiffened by two sheet metal 

members running lengthwise, at 90 degrees to the longitudinal axis of the submodule channels, 

and terminating in magnesium hinge fittings. 

The two solar array panels and the two secondary experiment panels are folded upward and 

attached to each othar to form 8 rigid structure during the launch phase. By means of a 

linkage system, only two pyrotechnic devices, one on each solar cell panel, are required to 

withdraw the four locking pins. Tho four panels are deployed independently bj- means of 

springe at their hinge points and lock positively in  place upon reaching the deployed position. 

The smaller secondary experiment panels are constructed in the same manner as the solar 

ar ray  panela. However, in  general heavier gage materials would be used because of the 

greater weight of the experiments they must support. 
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The proposed active thermal control system' is essentially the same scheme used on the 

Mariner C spacecraft. The high heat dissipating equipment is mounted on the faces of the 

spacecraft body that have active thermal control capability and reject their aaste heat to 

space by radiation. The amount of heat rejected is controlled by variable louvers attached ta 

the outside.of the panel. Each louvered panel is controlled independently by a bi-metal 

spiral spring that winds up and unwinds according to the temperature it sees, thus opening 

o r  closing the louvers. The surface area exposed by opening the louvers is coated with a 

high emissivity boating to promote radiation heat transfer. 

In addition to the active thermal control system the spacecraft thermal balance is maintained 

by the use of superinsulation Bnd coatings on the other exposed surfaces. 

Thermal control of temperature sensitive equipment mounted outside the spacecraft body is 

achieved passively by the use of thermal coatings and insulation. 

0 Two different truncated conical adapters are shown in Figure 1-3. Which one of these 

adapters is used depends on whether the lMPROVED DELTA is used with o r  without the X-258 

third stage. The spacecraft release and separation system is similar for both cases, The 

lower octagonal frame of the spacecraft body is machined to have a circular flange approxi- 

mately 55 inches in diameter, This flange forms onehalf of a marman-clamp attachment 

and matches a similar ring on the adapter. 

The two flanges are clamped together by a ser ies  of vee-shaped shoes and a band clamp. The 

band clamp would be split at separation by a bolt cutter o r  similar pyrotechnic device, and 

the spacecraft would separate under the action of four matched springs located at four of the 

eight corners of the vehicle body. 

*This needs to be investigated in  detail. If the required spacecraft thermal eiivironmcnt 
could be provided by a passive system the spacecraft design could be sinip1ific;d slightly 
and the weight probably reduced. 0 
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The adapter for  direct mounting to the IMPROVED DELTA second stage is a simple sheet 

metal truncated cone that grows from the 55-inch diameter at the spacecraft, to approximately 

the 60-inch diameter that is necessary to mate with the DSV-3Hfs second stage. 

The adapter for  the X-258 third stage decreases from the 55-inch diameter at *e spacecraft 

t~ the 18-inch diameter necessary to mate with the X-258. The yo-yo despiii system, re- 

quired with the solid x-258 motor, is mounted on the adapter. Other equipment, such as the 

timer, squib battery, terminal boards, and balance weights a re  also mounted on the adapter. 

The balance weights are necessary, since in this configuration the spacecraft/X-258 assembly 

must be balanced to achieve the close center of gravity and principal axes alignments required 

as a result of having to "spin-uptf this assembly on the DMPROVED DELTA second stage. 

1.5.2 SOLAR THERMIONIC EXPERIMENT DESIGN 

The solar thermionic system configuration is  shown in Figure 1-4 and the performance 

parameters a r e  summarized in Table 1-5. The system performance would be evaluated by 

means of the instrumentation outlined in Table 1-6. 6 

Once the spwecraft  was in orbit, the solar thermionic experiment would operate as described 

blow.  I 

Under normal conditions the four thermionic converters would be connected in series and 

the load adjusted 90 that a t  design temperatures the converters would operate at their peak 

efficiency point. 

When the ep'acecraft emerged from the earth's shadow* the attitude control aiibsystem would 

orient the solar concentrator to the sun with the desired N.1' accuracy. To accomplish 

this would take approximately 2 minutes. No auxiliary heat would be used to warm up the 

*In the Mission A case, the spacecraft would not encounter any shadow periods for the f i rs t  
four to six months of the experiment. 
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REFLECTOMETER ARhl 
PARABOLIC 
CONCENTRATOR 

Figure 1-4. Solar Thermionic System 

cesium reservoirs and no controls would be employed to limit the solar concentrator input 

to the generator cavity. As  a result of the latter the emitter temperatures would reach 

approldmately 2400% for a short period of time. In ap es-ated 16 minutes after acquiring 

the Bun the thermionic generator would reach the design operating point and steady state 
operation would follow. 

During steady state operation ~ ~ i e  cesium reservoir temperature would be adjusted to the 

optimum value by small electrical heaters (0.1 watt maximum capacity). , 

The heater control circuit would be designed so that it would attempt to maximize the con- 

ver ter  power output for the given load and emitter temperature. During the daylight portion 

of the orbit ,  the temperatures and voltages outlined in Table 1-6 would be monitored, the 

data stored, and when the spacecraft w a s  over an appropriate ground station telemetered 

back to earth. The desired frequency of sampling the measured quantities requires reading 
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Table 1-5. Thermionic System Performance Parameters 

P E  HFOR MANCE PARA 34E TE RS 

_I_- --- - - 
Converter Emitter Temperature “OOO°K 

Converter Electrode Spacing 2 h l i l s  

Converter Emitter hlaterial Rhenium 

Converter Sleeve Thickness 0,007 Inches 

Converter Emitter Area 2 enid 

Converter Operating Point Peak Efficiencj. 

Converter Power Density I8 \5.atts/cm2 

Converter Voltage Output 

Con ve r te r E f f i c ien cy 

Concentrator Diameter -50 Inches 

Concentrator Rim Angle GO Degrees 

Concentrator Geometric Error ,  3 0 (2  hTinutes 

Concentrator Reflectivity 90 Percent 

Concenti’ator Blockage Factor 5 Percent 

Concentrator -Absorber Efficiency 67 Percent 

Thermionic Generator Aperture Diameter 0.71 Inches 

Thermionic Generator Efficiency 12.2 Percent 

Thermionic Generator Power Output 

Thermionic Generator Voltage 
(Four Converters in Series) 

Th,ermionic System Efficiency 8 . 2  Perccnt 

> 

0 .  85 Volts 

17.3 Percent 

1-44 \Vatts 

3. 4 Volts 
t 
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each quantity every 15 seconds during the transient warm-up phase (approximately 1 G  minutes) 

and then once every five minutes throughout the remainder of the daylight pcriou. The steady 

state mode of operation would continue until the spacecraft entered the earth's shadow. 

0 

Upon entering the earth's shadow sthe solar inpit to the generator would stop and the emitter 

temperature would start to drop. A s  the emitter temperature dropped the generator power 

output would decrease until at an emitter temperature of approvimately 1750 K the generator 

power output would become zero (this assumes the cesium reservoir heaters are able to 

optimize the reservoir temperature 88 the emitter temperature decreases and that the design 

point load is maintained). The instrumentation outlined in Table 1-G would be sampled evei-y 

15 seconds during the initial 16 minutes (approximate) of the shadow period and every f ive 

minutes through the remainder of the dark cycle. 

0 

A t  periodic intervals a generator E1 curve would be measured by varying the generator load 

resistance. This would be accomplished by ground com:iiand. In order to keep a cheek 011 

the individual converters performance they would periodically be commanded into series 

with their individual load resistors and the resulting performance recorded. 
0 

If a thcrinionic converter were to fail it would i>e removed from the ser ies  circuit by ground 

command and the experiment continued with the remaining converters. If the thermionic 

generawr performance were to degrade& operating point could be altered by changing the 

load resistance. This would also be achieved by ground comrr-and. 

* 

In general, commanded changes in the generator circuit would be held to a minimum for 

reliability reasons. 

The proposod solar thermionic experiment design would provide the data necessary to con- 

duct a complete performance evaluation of the individual thermionic converters as well as 

the thermionic generator, solar concentrator and attitude cmtrol  subsystems. 



1 . 5 . 3  SECONDARY EXPERIMENTS 0 
In addition to the primary solar thermionic experiment, numerous secondary experiments 

were considered and a recommended list established for each of the selected missions. The 

major factors considered in choosing the proposed secondary experiments were: 

a. Compatibility with the solar thermionic experiment 

b. 

c. 

d. 

e. Size and weight 

f .  

Importance to the development of solar thermionics 

Importance to the space program and interest to the scientific community 

Ease of integration with the spacecraft 

Demands on the telemetry, command and power subsystems. 

Based on consideration of the above, the recommended secondary experiments nre listed i n  

Table 1-7, along with the major reasons for  their selection. 

The 'secondary experiments considered in this study a re  illustrative of those that could be in- 
0 

cluded on a spacecraft whose primary objective is the evaluation of solar thcrmionics. A s  

subsequent studies of the solar thermionic flight elrperiment a re  undertaken, it will be 

necessary 9 contfnually evaluate potential secondary experiments to insure that thosd&inaily 

selected reprerient the beet possible choice. It will also be necessary to evaluate these 

experiments i n  greater detail than this study would allow before a final selection is made. 

1.5.4 TELEMETIiY, TRACKING AND COMMAND SUBSYSTEM 

Ground traces f u r  the first 24 hours after injection for Missions A and C a re  shown in 

Figures 1-5 and 1-6 respectively. Superimposed on these traces a r e  the coverage circles 

for appropriate ground stations, within which the line-of-sight to the satellite is a t  least 15 

degrees above the horizon. Figure 1-7 shows the ground trace during the first -10 hours for 

the Mission B elliptical orbit. Slant ranges at the 15 degree elevation angle limits and total 
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. .  

Table 1-7. Recommended Sccondary E-uperiments 

kcondary Experiment Mission 
Compat.ibili ty 

A 

X 
B C 

X 
~~ ~~~ 

Results of major importance 
to the development of solar 
thermionics and other solar 
power systems employing 
concentrators. Also helpful 
in evaluating the primary ex- 
periment. 

Solar Reflective 
Surfaces 

X 

X 

X 

X 

X 

Micrometeroid 
Measurements 

Important scientifically and to 
evaluation of the primary ex- 
perimeiil. Also needed for 
complete evaluation of experi- 
ment No. 1 

X X 

X 
~ 

Proton and electror 
Spectra and 
Direction 

Important scientifically and 
to evaluation of the primary 
experiment. Also needed for 
complete evaluation of ex- 
periments No. 1 and 9. 

X 

X X U1 tr aviole t 
Radiation 

Important scientifically and 
to evaluation of the primary 
experiment. Also  needed 
for complete evaluation of 
experiments No. 1, 5 and 8, 
and supplements expetiments 
No. 10 and 11. 

lielatively simple experiment 
which yields needed informa- 
tion on thermal coatings to be 
used on space vehicles. Ex- 
periment package already de- 
veloped. Experiment makes 
use of sun pointing feature of - 
the spacecraft. 

X Thermal Coatings X 

- _ _  ~~ ~- 

Important to the development 
of lasers  a8.a means of 
space communication. 

X 

\ 

X Laser  Experiment X 

8 
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7 

0 

0 

0 

Low-Thrust 
electric engine 

Table 1-7. (Cont. ) Recommended Secondary Experiments 

9 

' 10 

Secondary Experiment 

Infrared Detector 

Solar X-Ray6 

-I 

~ 

Important scientifically a id  
makes use of the sun pointing 
feature of the spacecr,zft. Also 
supplements experiments No,  
4 and 11. 

makes use of the sun pointing 
feature of the spacecraft. 
Also supplements cxperimcntF 
No. 4 and 10. 

Important scientifically and 

Important scientifically and 
makes use of sun pointing 
feature of the spacecraft. Also 
suppkmcnte eqer imcnts  
4, 10, and 11. 

--__I_ 

X X X 

X X X 

X X X 

1 

I 

8 I Radiation effects 

12 

13 

on solar cells 

Lyman-Alpha 

Earth Albedo 

I 11 solary-Rays 

I 

1 1 
Mis sio n 

Co mnp atib il ity Major Reasons for Selection 

Important to the development of 
low-thrust electric engiiiss for 
use in attitude cohtrol systems 
and space propulkion in general. 

Important to a more complete X 
understanding of solar array 
degradation from radiation. 
Results needed to improve 
solar cell power supply design. 
Also makes use of the sun- 
pointing feature of the space- 
craft. 

Important to the development 
of better IR detectors for use 
in  attitude control systems. 

x X 
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line-of-sight times are indicated (coverage circles would have no significance for the elliptical 

orbit since the altitude is continuously changing). These figures indicate the location and 

number of potential ground stations required for handling the TT&C functions. 

Figure 1-8 shows a functional block diagram of the TT&C subsystem for all three missions. 

A moderate amount of redundancy has been included. Both command receivers and both de- 

coders are powered continuously to guard against a command link failure. The spare  magnetic 

tape recorder for the Mission B case has been included for  use in the event of premature failure 

of this critical component. If both recorders a r e  operative, the spare recorder may be used 

to accommodate data collection for a second orbit when necessary. 

A tracking beacon has been included on the Mission A and C spacecraft for  early orbit dcter- 

mination. It .will be used only during the first few weeks of the mission. The tracking 

beacon can utilize the excess power available from the solar cells during this period. 

A range and range-rate transponder has been included for the Mission B elliptical orbit, in 

order to permit an accurate ephemeris determination as soon after injection as possible. 

Tracking for  a period of about five-minutes per orbit should generally be adequate, although 

somewhat longer tracking periods during the first few orbits would be desirable. 

The required transmitter output powers have been selected to provide the required effective 

radiated power through antenna nulls of -10 db. 
# 

The Mission A satellite would collect 240,000 bits of data each orbit and would store these in 

eight magnetic core storage units, After  the orbit was well esqiblished, the tracking beacon 

would be turned off, and the telemetry carrier activated by command (either s h r e d  o r  real- 

time) to initiate the acquisition procedure. % 

Acquisition should be completed in less than two minutes, and the data would be read out upon 

command from either the Fairbanks o r  St. John's ground station at a rate of 400 bits per 

, 
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second for  ten minutes, using PCM/FM/PM. Orbits where neither of these ground stations 

had a clear line-of-sight to the satellite would be extremely &we, and the loss of data on these , 
orbits would be accepted. 

- 0  

The Mission B satellite would collect 800,000 bits of data each orbit and would store these 

in a magnetic tape r'ecorder. A second tape recorder would be available as a spare and to 

provide storage for  a second orbit of data on those occasions where a ground station was not 

available upon completion of an orbit. Up to tyo orbits of stored data would be transmitted 

near perigee upon command to &e Prlojave, St. John's,or Winkfield stations a t  a rate of 6680 

bits per second for four minutes, using PC&i/FM and noncoherrent reception. Frequency 

acquisition would not be necessary, and angular acquisition should be possible during the first 

few weeks before the solar cells have degraded and while surplus power is available. 

The Mission C satellite would collect 150,000 bits of data each orbit and would store up to 

two orbits of data in ten magnetic core storage units. It would be acquired in  the wine m'mner 

as the Mission A satellite (in approxtmately two minutes), and the data would be r r w i  aut  

upon command from the Fort Myers, Santiago, Lima, o r  Quito stations at a rate of 2500 

bits per second for two minutes, using PCM/FM/PM. Occasions where it would be necessary 

to go for more than two orbits without reading out the data would be extremely rare, and the 

loss of data on these ocoasions would be accepted. 

a 

1.5.5 ATTRTJDE CONTROL SUBSYSTEM 

In the proposed design the solar thermionic system is rigidly x t a r n  d to the main *pacecraft 

body and the entire space vehicle is oriented to the sun. The solar thermionic systmi 

necessitates an orientation accuracy cf +O. I degree about the pitch and yaw axes. There is 

no position control requiroment about the roll axi's but vehicle roll rates are limited to avoid 

gyroscopic cross-oouplmg problems. 
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The following sources of disturbance torques were considered in arriving at the attitude 

control subsystem design. 

a. Gravity Gradient 

b. Aerodynamic Drag 

c. Solar Radiation Pressure 

d. Micrometeoroid Impacts 

e. Magnetic Field 

I f. Orbit Eccentricity 

Relatively large momentum storage requirements result from the magnetic effects of the 

nickel solar concentrator. For example in the Mission C case the total momentum storage 

requirements in both the pitch and yaw axe8 is 2.0 ft-lb-sec/orbit and the magnetic effects 

on the solar concentrator represents 98 percent of this total. However, the proposed attitude 

control subsystem design is entirely capable of handling magnetic disturbances of this magni- 

tude if they a r e  present. If aluminum concentrators a re  developed and replace the nickel 

design proposed the magnetic disturbances could be greatly reduced and the weight of the 

I 

\ 

I attitude control subsystem decreased 10 to 20 percent. However, such a development is not 

necessary to a successful solar thermionic flight experiment. The thermionic converter 

electrical leads would be designed to cancel the potential magnetic disturbance torques re- 

i sulting from current loops. 

The 'study results indicate that the attitude control requirements can be met using existing 

techniques which have been flight proven, 

A block diagram of the attitude control subsystem is given in Figure 1-9. This subsystem 

design is based on the cold gas-flywheel attitude control technique presently in use on the 

Nimbus and OAO spacecraft. The attitude control subsystem must control the spacecraft 

under three primary modes of operation. 

a. Fine pointing control during the sunlight portion of the orbit 
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b. 

e. 

Initial stabilimtion and sun acquisition 

Dark period operation and sun reoricntation 

Each of these operating modes is discusscd furthkr in the following sections. 

1.5.5.1 Fine Pointing Control 

The fine point mode of operation roprcsents that portion of the mission when the spacwraft  

pitch and yaw attitude e r ro r s  must be held to within @. 1 degree. 

pointing control systcms a r c  functionally ident,ical. A fine sun sensor is 1ised as tht’ primary 

attitude error sensing device. A bachup sensor is provided in the form of n thernial device 

that sepses the position of the  s o I n r  concentrator foca! point with respect tr) thr tticrriiionic 

generator aperture. The fine sensor output is usrxl to dpdnte a ralf~-infeqi-aLing g3 1-0, 

is accomplished by feeding a hiasing current to the coils of tl;e e m  tortlircr that i b  yi.opoi.tiona1 

to the difference hehvccw tile gyro ~JLIQLI~ .md the fine s~?i5(:r Qutput. 

sensor cancels the inherent drift u i  rht. LTro during thc riaylight poiticln ol the 01.LJlt. When 

the vehicle enters t h c   hado ow perii)tl the Gyro will coniinuc tc csontrol its :+ttttudc>, alth)uugl? its 

drift will no longer he cancelled by the fine scnsor(;iitj;ut. 

spacecraft emerges from the shadow it111 be directlj p ~ o ~ ~ ~ ? i ~ ~ i ~ l  to tric gyro driit. 

The pitch and yax  finv 

This 

k, th:s rnnrL1i(’r, tl;c f ine  

Thus the  attitide crroi-  when thc 

Fine attitude control about the pitch and yaw axes would be maintained by the method of 

momentum-intci.chmge between the spacecraft body arid the flywhcels. Since the spacecraft 

would be ;L free body in sp;we, any momentum that the spacecraft absorbed from external 

torquing forces would be maintained i n  an inertial sense. The comlwnent of nmmentun: about 

a given spacecrcltt lx,(ly nxis would te transferred tn the flyw!ieel i y  clxinginK the steadg -state 

speed of the flyx-heel whose  spin a s i s  was aligned parallel ta the b$- nxis. 

error and rate iilfGrlnation provided the sun serisor and gym would contrlil the tIJ9vhi.e.l 

speed. The accelc>:’ation of the fljTvhee1 is accomplished by exerting a torquc: on the whcel 

thiwugh changes in i ts  c~r i r ro l  phase excitation. This torque wJU1d be reflected i n  the 

opposite sense on tkc spzcccrat‘t body, thereby resulting in a transfer. i>f momentum from the 

spacecraft body to thc flywheel. 

The attitude 
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a This momentum storing technique operates most efficiectly on vehicles that experience 

cyclic disturbance torques. The flywheel momentum storing capability is made larger than 

the maximum momentum imparted to the spacecraft by the cyclic torques, thus  no external 

torques need be applied by the mass expulsion devices to counteract these disturbances. 

In addition to the cyclic torques on the spacecraft, there would also be cumulative disturbance 

torques. As the momentum due to the combination of cumulative and cyclic torques absorbed 

by the flywheel increased, the wheel speed would increase to its no-load speed. A t  that point 

the flywheel could not absorb any additional momentum and i t  is referred to as a "saturated 

flywheel". Once saturated, the flywheel could not respond to further increases in error 

signal and therefore could not control the spacecraft attitude until desaturated (slowed tiown). 

Momentum would be removed (or  dumped) from the flywheel by the pneumatic reaction system. 

The action of expelled gas would apply an external torque to the spacecraft which would s u h -  

tract from the total momentum about that axis. A s  the spacecraft rotated due to this ex?ernal 

torque, a change in position would be noted by the fine sensor; this would dccrease the signal 

to the control phase of the flywheel and it would decelerate. The resultant torque duc to the 

flywheel deceleration would reduce the spacecraft body rate. Operation of the control loop 

would result  in an equilibrium condition of zero body rate with the spacecraft holding the 

steady pointing error necessary to maintain the flywheel speed corresponding to the space- 

craft momeaturn component about the body axis, 
I 

I 
1.5.5.2 Initial Stabilization and Sun Acquisition v i 

The spacecraft would be despun in the Mission A and B ca8eB prior to separation from the 

final boopter stage by the yo-yo technique. Despin would not be required in the Mission C 

cam because the final launch vehicle stage is not spin stabilized. The residual angular 

rates about the pitch and yaw axes after the despin maneuver would be removed by a combin- 

ation of cold gas torquing and momentum storing. The residual rates about the sun pointing 

o r  roll axis would be controlled by cold gas torquing alone. 
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0 1.5.5.3 Dark Period Operation and Reorientation 

During t,e orbit dark period, the roll axis control wou-1 function exact,j as it does during the 

daylight portion since it does not depend on a sun reference. The pitch and yaw control loops 

would remain in the fine pointing mode th'roughout the dark period. Since,there would be no 

sun information available, the fine sun sensor would relinquish i ts  part as the prime control 

sensing device to the position sensing gyro. Due to the fact that the sun sensor would no 

longer be biasing out the gyro, the gyro output may drift at the maximum short-term rate of 

0.1 degree per hour. Therefore, for the worst case condition of a two hour dark period 

(Mission B), the vehicle would be 0.2 degrees away from null upon emerging from the dark. 

At t h i s  point the fine sun sensor would again resume its prime sensing function. 

N 

1.5.6 SPACECRAFT POWER SUBSYSTEM 

An example of the spacecraft power requirements is given in Figure 1-10. This particular 

power profile is for the Mission A case but the Mission B and C cases have similar power re- 

quirements. 

A schematic of the power subsystem is presented in Figure 1-11 and is the same for each of 

the miseicms. 

The solar array,  using N/P silicon solar cells, supplies power to the load and charging power 

to the battery when the vehicle is in the daylight portion of the orbit. A rechargeable nickel- 

cadmium battery supplfes the power requfrements when the vehicle is in the earth's shadow 

and short  term peaks during the daylight portion of the orbit. The power requirements during 

initial stabilization, before the solar panels a r e  sun-oriented, would be supplied by a non- 

rechargeable silver oxide-zinc battery. 

The battery charge regulator controls the rate at which the battery is charged. It is a 

switching type unit which maintains the required average battery charging current and operates 

at a high efficiency. With this arrangement, the battery also provides coarse voltage 0 
* 

1 .  
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Figure 1-11. Power Supply Subsystem Block Diagram 0 
regulation on the main bus (the bue voltage varying between battery charge and discharge 

V d U 8 S )  with an expected variation of approximately f15 percent. Each load would provide its 

own voltage level and regulatlon. 

The pu7er control utut provides f o r  switching of various components acmrding to command 

and/or programmed inputs, contaliis input connections from gmunti power, and may :ilso 

providc some circuit protection. 

' * 

1.6 RECOMMENDATIONS 

This study establishes a conceptual design for a solar thermionic flig.t experiment that 

could be developed with present state-of-the-art capability. The following a re  proposed as 

the next logical steps in developing a solar thermionic flight experiment. 
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STEP 1 

Perform a detailed mission analysis and.preliminary design of the spacecraft, and esti- 

mate development schedules and program cost. 

STEP 2 

Direct the current development efforts in solar thermionics toward the development of a 

solar thermionic system of the general design defined in this study. The emphasis 

should be on developing flight qualified hardware. 

These two steps could bo undertaken in parallel. 

This study identified the following as the major areas requiring further study and/or develop- 

meni &far$. 

a. Development of a contml to optimize the cesium reservoir temperature fo r  a given 

thermionic converter load and thermal input. 

b. Determihe if the suggested thermionic generator replacement scheme, o r  some 

alternate scheme, is feasible. 

c. Determine the maximum emitter temperature the thermionic converters will be 

exposed to i f  no flux controls a r e  used during the generator warm-up phase. De- 
termine if the thermionic converters could withstand these short temperature ex- 

cursions over the total exgeriment life. 

I 

d. Determine if the control electronics for  the t,h.ermionlc generator could be located 

adjacent to the generator, thus simplifying the experiment design, reducing the 

electrical lead weight and minimizing the ?R losses. 

e. Development of an electrical circuit for  the thermionic generator that would provide 

the degree of experiment flexibility outlined in this study. 0 
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f. 

g. 

h. 

i. 

j. 

k. 

1. 

4 8- 

j , !  

Development of an aluminum solar concen,rator to replace the nickel one proposed 

in this study. The use of a solar concentrator made from aluminum rathor than 

nickel would greatly reduce the magnetic disturbance torques acting on the space- 

craft. , 

Determine the extent of radiation induced surface effects on the spacecraft 

electronics in the proposed modffied sun-synchronous orbit. 
\ 

Establish by testing the approximate time required to warm up the thermionic 

generator under simulated space conditions. 

Determine the feasibility of developing an attitude contrtil system which employs 

flux sensing around the thermionic generator aperture a8 the means of e r m r  

detection, rather than the more common approach of sensing the sun's position and 

relying on correot alignment between the sun sensor axis and the solar concentrator 

axis. 

Continue the evaluation of potential secoiidary experiments that could be included 

on a spaowraft designed to conduct a solar thermionic flight experiment. This 

effort rhould be continued to insure selection of the beet combination of secondary 

experiments and to better define the requirements of these experiments. 

Determine if the size and weight of the solar reflective surfaces experiment could 

be reduced to make it easier to integrate into the spacecraft design. 

Conduct a thermal analysis to determine if the spacecraft will require an active 

thermal control system (as assumed in this study) or if a passive system will be 

eufficient. 

* .  
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