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VOLUME SUMMARY

The Voyager Design Study report is contained in six volumes, an appendix, and subcon-

tractor reports. The volurae numbers and their titles are as follows:
Volume No.
' I Voy_aggr Design Summary
I ~  -Mission and System Analyses .

1. Mission Analysis .
2. Parametric System Performance
3. Voyager Systems

_. 4. Reliability

i Subéystem Design

Communiecations .
Television

Radar

Guidance and Control
Propulsion

. Power Supply

Appendix (Classified)

O U DN

v System Design

1. Entry/Lander
2. Orbiter

v | Sterilization
VI Program Development Plans

Separate Reports from the following Companies are also included:

Aerojet-General Corp. North American Aviation Inc.
Barnes Engineering Autonetics Division
Bell Aerosystems Co. Rocketdyne Division
Conductron Corp. Radio Corporation of America
Electro-Mechanical Research Inc. Rocket Research Corp.
General Electric Co. Texas Instruments Corp.

~ Light Military Electronics Dept. Thiokol Chemical Corp.
General Precision Inc. Elkton Division

Hazeltine Reaction Motors Division
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SECTION 1.0 ENTRY/LANDER DESIGN

1.1 INTRODUCTION

In the past two years many studies have been conducted by GE/MSD to determine the sys-
tem characteristics required for entry into the Venus or Mars atmospheres. Two repre-
sentative studies are Reference 1 & 2, The first study, Ref. 1, investigated the use of a
GE designed Discoverer or Nerv capsule for entry into tne Mars atmosphere. The conclu-
sion reached was that a Discoverer-type capsule could be used for direct ballistic entry,
and that retardation in the unknown, but very thin, Mars atmosphere would be one of the
more difficult design problems. The second study, Ref. 2, extended the first study to
include entry into the Venus atmosphere. Again the conclusion reached was that the Dis-
coverer shape could be used for entry into the thick Venus atmosphere and that high de-
celeration loads during entry and high atmospheric temperatures would be the limiting
design problems for Venus.

Both of the above studies were limited to Discoverer shapes to utilize a proven aerody-
namic configuration, The size range was limited from 200 to 500 lb. vehicles because the
studies were performed for the Mariner program. For the Voyager Study no shape limi-
tations have been assumed. The weight limitations have been extended to cover the range
from 200 to 6000 lbs.

1.1.1 OBJECTIVES

The objectives of the Voyager Lander Program have been three-fold: first, to define
Lander Systems that meet mission analysis requirements, second, to study Lander
designs parametrically and, third, to investigate areas of technical uncertainty. The
design effort to accomplish the first two of these objectives was carried on concurrently,
but due to timing limitations, the feedback from the parametric analysis is not fully
incorporated in the systems proposed for the specific missions. Thus the specific
systems proposed represent near optimum systems that will require further optimization
in the preliminary design phase of the Voyager program. Thae third objective has been
accomplished as an integral part of efforts in each technical discipline.

1.1.2 DESIGN CRITERIA & LIMITATIONS

Five specific Lander Systems were investigated. The system requirements for each
Lander, as defined in the Mission Analysis, (Volume II), are as follows:

Mars Venus

1969 1971 1973 * 1970 1972
Number of Landers 2 2 2 1 1
Lander Weight (Ibs.) 1,450 | 2,000 | 2,000 - 525 | 2,600
Entry Velocity (Ibs.) 21,500 |18,900 [19,200 38,800 | 37,900
Entry Angle <+————— |No Limit —
Design Life . . SE— Month; — | 10Min f Hrson
B S A S on Surfacel Surface
Power Supply -~ RTG + | RTG + |RTG + BATT ~ BATT -

BATT | BATT |BATT ‘ o
Primary Communication Relay Relay |Direct Relay Relay

*Mars 1975 Lander will be identical to the 1973 vehicle.
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The Entry/Lander conceptual design was carried out to meet the environmental limita-
tions listed below:

Characteristics Design Load Time of Occurence
Pressure 760 to 10'10 mm Hg. | Surface - Space
Axial & Shock 125 Mars Entry & Impact
325 Venus

Vibration frequency(cps) 5-50 50-100 100-2k | Powered Flight

Sinusoidal 1.3 2.5 3.5

Random (cps) .015 ,015 .035
Noise (db.) 160 Entry

The Lander and all installed equipment must be sterilizable by thermal means (145°C @
36 hrs. for qualification) and chemical means (exposure to Ethylene Oxide). In addition
to sterilization, the Lander and all installed equipment must be able to function after
exposure to the transit environment for periods up to 325 days for Mars systems and up
to 190 days for Venus systems.

The design atmospheres used in this study were supplied by NASA. The Mars atmospheres
are the "Upper Limit", "Mean' and '"Lower Limit" atmospheres of Shillings Model II
atmospheres, Reference 3. The Venus atmospheres are the ""Standard'" and "Extreme"
atmosphere defined by L. D. Kaplan in Reference 4. The pressures, temperatures and
densities used in the study are presented in Figures 1. 1. 3-1 thru 1. 1. 3-6. The Mars
atmospheres were not significantly different from the atmospheres used on the previous
Mariner Studies. The Venus atmospheres used in this study did not include the high

(54 atmosphere) pressure model atmosphere used in the Venus/Mars capsule study which
had a significant effect on both the maximum entry deceleration loads and the thermal
control system.

However, a few investigations in this study were begun early in the program and are
based on planetary atmospheric models other than those above. Where this occurs,
the particular atmospheric model is noted. The "old" Venus Best, Extreme I and
Extreme II model atmosphere have been obtained from Reference 2 , and the "old"
Mars Model A, B, and C atmospheres have been taken from Referencel.

New Mars model atmosphere characterized by very low surface pressures (11 millibar)
were introduced towards the end of the study. These atmospheres will be treated separ-
ately in.the study and, unless otherwise stated, the low pressure atInOSpheres are not
used in the bulk of this report.

To insure consistency throughout the Study, the nature of the Martian Surface had to be
defined. The surface of both planets was assumed to be a hard rocky crust with slopes
up to 20degrees. For design purposes, free water in the form of lakes or oceans was
assumed improbable.  Surface winds of up to 40 mph (58. 6 fps) were assumed to exist
on both planets.

Yok R T
The des:gns mm to support specmc missions, represent a state of-the-art which,‘,fv v
will be available {if the 1969 time period. , Since later opportunitiés. utilize subsystems :
developed for the first opportunity, later systems also represent the 1969 state-of-the-
art. Wherever possible commonality between the Mars and Venus vehicle was a design
goal.
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1.2 SUMMARY OF RESULTS

1.2.1 SYSTEM DESCRIPTION

In support of the concepts presented in Volume II, Mission & System Analysis, five Entry/
Landers have been examined in some detail. The physical characteristics are described
in the matrix table, Table 1.2.1-1..

TABLE 1.2.1-1 LANDER SYSTEM - CHARACTERISTICS

<~—— Mars <+—— Venus —
7 1969 1971 1973 1970 1972
Gross W'eight, Lbs. 1450 2000 2000 525 2600
Entry Weight, Lbs. | 1270 | 1768 1768 447 2358
Base Diameter, In. 92 108 103 58 123.5
Nose Radius, In. 16.1 16.1 16.1 10.0 21.6
Base Area, Ft2 46,1 63. 6 63.6 18. 3 83.1
Bluntness Ratio RN/RB 0.35 0. 30 0. 30 0.35 0.35
Drag Coefficient 0.178 0. 717 0.717 0. 65 0. 65
W/CpA 35 35.5 35.5 45 44
Length, In. 45, 94 55, 44 55, 44 40, 5 71. 50
Semi Cone Angle, Deg. 40 40 40 30 35
o Communications Direct |Direct Direct Relay Relay
Relay Relay
Power Sﬁpply RTG & LRTG& RTG & Primary | Primary
Batt. Batt. Batt. Batt. Batt.
Retardation 3 Stage —_ Atmos & !
Parachute Aft Cover




TABLE 1.2.1-2. ENTRY LANDER SCIENTIFIC EXPERIMENTS

DATA

ENTRY & DESCENT

Temperature

Pressure

Density

Composition of Atmosphere
Mass Spectrometer
Gas Chromatograph

Altitude

Electron Density

UV Multichannel
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8 446 A Radiometer

UV Solar Spectrum

Cloud Properties

Electrostatic Potential
Gradient

TV

Mars

— Venus —
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Light Level Indicator

Surface Penetrability

Soil Moisture

Seismic Activity

Surface Gravity

Radioisotope Growth
Detector

Turbidity & PH
Growth Detector

Multiple Chamber
Growth Detector

Photoautotroph Detector

Microscopic Analysis

Drill

Pulverizer

Sample Handling Equipment

X-Ray Diffractometer

a - Particle Scattering

Thermal Conductivity of
Ground

Electrical Conductivity of
Ground

Insolation

Surface Radioactivity

Meteor Trails

Ionospheric Profile
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Insect Attractor

Pulse Light
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Seismic Properties
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All Mars vehicles have been designed using a Radioisotope Power Supply. The radioisotope
was chosen because the expected low temperature Mars environment requires vehicle
payload heating, and because of the ready availability of a good low temperature junction
for the thermoelectric generator. The Radioisotope Thermoelectric Generator (RTG)
makes possible the long surface life for Mars vehicles which in turn makes direct com-
munication capability from the Lander to the Earth, in addition to Orbiter relay capability
necessary for long life reliable communication capability.

Venus vehicles must survive temperatures of 1050° F on the planet surface. Even after
optimization, the weight of the Venus thermal control system is the largest single sub-
system weight for a design life in excess of 4 or 5 hours. For the Venus 1970 system, the
Orbiter perioa is 3.6 hours; therefore, small vehicles (Venus 1970) are designed for sur-
vival to impact plus 10 minute life before loss of line-of-sight. Large vehicles - having

the capacity for a larger thermal control system - are designed to survive until the Orbiter
regains communications line-of-sight on its first complete orbit (6 hours).

Table 1.2.1-2 liststhe scientific experiments to be carried aboard the Mars and Venus
Entry/Landers. The primary mission of the Mars vehicles is biological life detection on
the planet. The secondary mission is the measurement of geophysical and atmospheric
data of the planet. The Venus 1970 mission will concentrate on obtaining atmospheric and
surface environmental data. The Venus 1972 mission includes experiments to determine if
forms of life exist in the upper atmosphere. Specific experiments have been selected to
fulfill the requirements of the individual missions. A more complete description of the
scientific payload and scientific objectives can be found in Volume II, Section 1.0.

The Lander systems proposed are designed to enter the Mars and Venus atmospheres
ballistically from an interplanetary transfer trajectory. Entry from orbit was studied
briefly but eliminated from further consideration because of the high weight penalty

for orbit injection. Although the system requirements specify target areas on Mars, the
Entry/Landers for both Venus and Mars are designed to enter at any entry angle from the
"skip''limit to vertical entry. Entry at path angles less than 20 degrees are not desirable
because of the very high integrated aerodynamic heating near the capture angle and be-
cause of the uncertainties involved in defining the capture angle in the unknown atmospheres.
Figures 1.2.1-1%and 1.2.1-2 show the altitude time history envelopes of possible entry tra-
jectories. Note the long ballistic descent times in the thick Venus atmosphere compared

to the short times in the thin Mars atmospheres.

Although the commonality of the Landers for Venus and Mars was originally a goal. the
penalty for commonality proved to be too great. The Venus vehicle is characterized by
high entry deceleration loads, high structural temperatures at impact, rudimentary retar-
dation system and a cooling type thermal control system. The Mars vehicle is character-
ized by relatively low entry deceleration loads, a multistage supersonic parachute system,
and a heating type thermal control system. The Mars 1969 Lander is shown in Figures
1.2.1-3 and 1.2.1-4,

A typical weight distribution for a 1500 lb. gross weight vehicle is shown on Table 1.2.1-3.
Note that Venus vehicles are characterized by high thermal control system weight despite
short (6 hr.) life limitations, and Mars vehicles are characterized by high retardation
system weight. For further discussion of weight trends, see Section (1.3.9).

Both the Venus and Mars systems are designed for minimum descent time consistent with
reliability requirements. At other than the limiting condition - thin Mars atmosphere,
vertical entry - a radar altimeter will be used to prevent deployment of the parachute
system on the Mars Lander above 30,000 ft. Deployment of the aft cover of the Venus
vehicle to gain additional drag similarly will be delayed until the Lander is within 5000 ft.
of the surface of the planet. These minimum descent times are necessary to insure line-
of-sight between the Lander and Orbiter at the time of impact of the Lander.
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Although the subsonic descent time on the Mars vehicle can be very short, both the Venus
and Mars Landers can perform atmospheric experiments after blackout and prior to
impact,

TABLE 1.2.1-3. TYPICAL LANDER SUMMARY WEIGHT BREAKDOWN

Mars Venus
% Total % Total

Shield 5.8 14.0
Structure 16.1 20.5
AFT Cover & Separation 4.4 5.8
Retardation & Crush Up 19. 8 6.0
Thermal Control 5.0 23.8
Electrical Power 7.3 1.2
Communications 9.7 4.5
Orientation 4.6 3.6
Scientific Payload 11.0 8.4
Payload Deploy & Installing 3.9 2.9
Total Entry Lander 87.6 90.7
Spin & Separation 1.8 1.1
AV Rocket 6.7 6.2
Adapter & Radiator 3.9 2.0
Total Lander 100.0 100.0

1.2.2 BASIC TRAJECTORIES

Both point mass and six degree of freedom trajectories are discussed in Section 1. 3. 2.
This section of the summary is included to acquaint the reader with the characteristic
entry deceleration loads as a function of various parameters.

A. Maximum Axial Deceleration

The axial decelerations experienced by vehicles entering the Martian and Venusian model
atmospheres are presented graphically in Figures 1.2, 2-1 through 1. 2.2-5. The trends that
would be expected from linear theory, such as: the relative magnitudes of axial deceler-
ation and the altitude of occurrence, are borne out by these figures. For example, peak
deceleration (earth g's ) varied directly as the square of the entry velocity, path angle,
and the density gradient of the atmosphere.

1-6



For a Venus entry, the ballistic parameter effect on maximum deceleration is shownfor a
nominal velocity of 38, 000 fps for the Venus Standardand Extreme atmospheres (Figure 1. 2. 2-5),

The variation of the maximum deceleration rate with planetary atmosphere is shown for
Mars on Figure 1.2.2-1 and for Venus on Figure 1.2.2-4. The maximum deceleration loads
occurred on the Mars Lower atmosphere and the Venus Standard atmosphere. Maximum
deceleration loads occurred in the model atmosphere with the steepest density gradient

in the 100,000 to 500,000 feet range.

The variation of peak deceleration with entry velocity for Mars is shown on Figure 1.2.2-2,
while the variation of peak deceleration with entry angle for Venus and Mars are shown

on Figures 1.2.2-1 through 1.2.2-4. Entry at shallow entry angles can be used as a mech-
anism of reducing the peak deceleration during entry on either Venus or Mars.

The maximum design deceleration load for Mars was taken as 125 g's and for Venus as
325 g's. These figures correspond to a higher entry velocities than is predicted for

either system. Figures 1.2.2-1 and 1.2.2-4 predict the maximum entry decelerations for
Mars to be about 87 g's and for Venus about 314. The difference between the design and
predicted "'g" level was due to variations in initial entry conditions and a conservative
margin of safety. Both Mars and Venus vehicles have been designed for 125g impact load.

B. Envelope of Altitude vs. Time

An altitude-time history envelope is presented in Figure 1.2.1-1 based on a nominal entry
velocity of 21,500 F. P.S. and a ballistic parameter of 35 psf. If the true atmospheric
profiles are not appreciably more dense than the Mars Upper or appreciably less dense
than the Mars Lower, all altitude time histories should fall between the two bounds shown
for path angles between 20 and 90 degrees as the altitude history based on the Mars Mean
atmosphere suggests.

Figure 1.2.1-2 shows a similar altitude time history envelope for Venus based on a
nominal entry velocity of 38,000 F, P.S. and a ballistic parameter of 40 psf. For this
entry velocity and ballistic parameter all vehicles should have an altitude history falling
between this upper and lower bound. The band of altitudes is somewhate narrower than
those for the analogous Martian entry due to the greater agreement in the two Venusian
atmosphere profiles at lower altitudes.

C. Occurrence of Parachute Deployment Mach Number

Mach number-altitude histories for four point mass trajectories, based on a nominal
velocity of 21,500 fps and a nominal ballistic parameter of 35 psf, appear on Figure
1.2.2-6. The effect of the atmosphere on altitude of occurrence of a Mach number of
2.5, the maximum parachute deployment altitude, is readily seen by noting the inter-
section of the dashed 2. 5 line with the various Mach numbers curves.

The actual altitudes at which a Mach number of 2, 5 occurs is presented as a function of
ballistic parameter with path angle as a parameter in Figure 1.2.2-7 for a nominal entry
velocity of 21,500 ft. /sec. into the Mars Lower Atmosphere. The Lower Atmosphere
allows the deepest penetration before a Mach number of 2.5 is reached. As the path

angle and ballistic parameter increase, the altitude at a Mach number of 2. 5 decreases.

It is seen that for a ballistic parameter of 60 psf and path angle of 90 degrees, the vehicle
impacts at a Mach number above 2, 5. Corresponding results for the Mean and Upper
Martian atmospheres show that the altitudes are higher for the same entry velocity

and for a constant atmosphere the altitudes decrease as the velocities increased.
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For the supersonic parachute system proposed, approximately 17,000 feet will be lost
during deployment staging; therefore, to insure that the main stage parachute is fully
deployed at 5,000 feet a Mach number of 2. 5 must occur at altitudes higher than 22, 000
feet. Figure 1.2.2-7 shows that the vehicle must have a ballistic parameter of 35 psf or
less to insure full deploymeant of the parachute system.

1.2.3 SUBSYSTEM DESCRIPTION

This section of the report summarizes the more important subsystem conclusions reached
during the study and the interaction of the subsystem design on the Lander System. The
details of the analyses and more complete explanation of the logic involved in reaching

the conclusions are found in the Analysis Section of the Report, Section 1. 3.1 thru 1. 3. 9.
The System block diagram Figure 1. 2.3-1 shows the various subsystems and their inter -
relation.

A, Vehicle Subsystem

The Vehicle Subsystem includes all subsystems of the Lander except the power supply,
communications and scientific payload.

B. Shape Selection

Blunt sphere cones were selected for both the Venus and Mars Landers because they avoid
the potential dynamic stability problems of very blunt (Apollo) shapes, and because the
need for a high drag shape outlaws the use of very sharp nosed vehicles. Aerothermo-
dynamic analysis has not shown the need for sharp nosed vehicles to avoid radiative
heating problems on a steep Venus entry. Thus, the mid-range of sphere cones was
selected for this study to fully utilize the wealth of flight experience obtained on GE RVX,
Mark 2, Mark 6, Discoverer and other programs.

A ballistic coefficient of 35 psf was selected for the Mars Lander to insure successful
deployment of multistage supersonic parachute systems. With ballistic coefficients
greater than 35 psf, the parachute system cannot be fully deployed and achieved terminal
velocity in the lower Limit Atmosphere with a vertical entry.

A ballistic coefficient of 45 psf was selected for the Venus Lander to insure as fast a
descent as is consistent with surface impact velocity of 50 to 60 feet per second. The aft
cover of the Venus Lander is deployed to further arrest the touchdown velocity of the
Venus Lander.

The bluntness ratio, cone angle and base diameter was selected to achieve the desired
weight vehicle, the ballistic coefficient specified by retardation, and a reasonable pack-
aging density simultaneously. As shown in the configuration tradeoff and optimization
section cone angles in the range of 40 degrees and bluntness ratios in the range of 0. 6
result in the most efficient vehicle, As discussed in Section 1. 3.9 lower bluntness ratios
are required for reliable side orientation on the surface of the planet., The optimum
bluntness ratio for a given vehicle depends on the location of the vehicle center of gravity,
the vehicle cone angle and the depth of the crushable material in the region of the nose
cap. For the types of vehicles discussed in this study, a bluntness ratio of 0,4 to 0.5 is
appropriate. The vehicle presented in Table 1.2.1-1 show a conservative bluntness ratio
of 0. 35 which was chosen early in the study before the optimization and trade off studies
were completed.

Packaging densities were used as a guide in selecting vehicles because of the uncertain-
ties in the size and weight of the scientific payload. Based on gross vehicle volume a
density of 15 pounds per cubic foot was assumed to be a maximum, and on more detailed
studies within the payload compartment a packaging density of 20 pounds per cubic foot
was assumed to be a maximum.
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C. Thermal Protection

The thermal protection system for the Venus and Mars Landers must protect the Landers
from the typical heating conditions tabulated below:

Mars Venus
Mean Atmosphere Standard Atmosphere
Entry Path Angle, Deg DFH 20 90 15 90
Heating Time, Sec. 150 25 55 10
Peak Heating Rate Q, Btu/Sec - 1+ 180 460 1190 2, 750
Integrated heating Q Btu/f+2 9000 4200 2750 10, 200

The shield selected for the Mars Lander is a GE developed Elastometric Shield
Material (ESM). This material was selected because of its high heat of ablation, its
tolerance to thermal gradients, its high insulating properties, and because it appears it
can be made radar transparent. The ESM shield is particularly well suited to the long
relatively low heat pulse encountered on a Mars entry.

The elastrometric nature of the material leads to other advantages such as resistance

to handling damage and protection against micrometeorite damage during the long transit.
The shield designs quoted in the weight analysis contain a 50% ablation margin and an
insulation layer required to hold the shield bond temperature to 309°F - a limit estab-
lished for the fiberglass crushable material. The shields were designed to enter at any
path angle greater than 20 degrees computed at 106 feet. The required shield for entry
angles between the capture angle ( 7 ¢ = 18. 5) and 20 degrees were not calculated because
the shield weights become unreasonably high near the capture path angle. (See Section
1.3.3.F).

Phenolic nylon was selected for the Venus thermal shield because of the flight-proven
characteristics of the material at high heat loads. Phenolic nylon is a member of an
all-organic class of materials whose ablation performance improves with increasing

heat rates. Phenolic graphite is selected as an alternate for phenolic nylon because of
the potential performance improvement of the phenolic graphite with respect to the phenolic
nylon,

Further analysis of the shield design is found in Section 1.3.3 and of the material selection
is found in Section 1. 3.7,

D. Lander Structural Subsystem

The Mars and Venus I anders have been designed to enter the planetary atmospheres
with no restriction on entry path angles. Vertical entry imposes the limiting design
conditions with maximum deceleration rates of 125 earth ''g's'" for the Mars Lander
and 325 earth ""g's'" for the Venus Lander. The Landers were designed to survive
impact on the planetary surface with the impact '"g"" load equal to the maximum entry
deceleration load.

The basic construction of the Mars vehicle consists of a heat shield bonded to the fiber-
glass crush-up structure which is in turn bonded to the aluminum honeycomb sandwich
primary structure. As mentioned above, the shield thickness includes insulation to
maintain the shield/crush-up bond line temperature below 300° F. The fiberglass honey-
comb crush-up structure was selected because of its high energy absorption characteristics,
because it can be made radar transparent, and because of its insulating value on the plane-
tary surface. The primary structure can be made from a low temperature light-weight
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material such as Aluminum, Magnesium or Beryliium. Aluminum was selected over
Magnesium or Beryllium because of cost and state-of-the-art considerations. The honey-
comb construction technique was selected because of its weight advantage over other
conventional construction techniques because the double seal protection offered by the

two face sheets, and because the honeycomb is in itself a crushable material. Parametric
curves of other materials and construction techniques are included in Section 1.3, 4,

The Venus Lander is similar to the Mars Lander except that high temperature materials
have been substituted for the crush-up structure and the primary structure. The high
(1050° F) surface temperatures of Venus require the use of stainless steel or titanium
honeycomb for both the crush-up material and the primary structure. Stainless steel
was selected in preference to titanium because of state-of-the-art considerations.

E. Retardation Subsystem

The difference in the Mars and Venus atmospheres is graphically illustrated by the
difference in the retardation system of the Venus andMars Entry/Landers. The termi-
nal descent velocities of the surface of the Venus and Mars Landers are tabulated for
ballistic vehicles without auxiliary drag devices.

Maximum Terminal Minimum Terminal
Ballistic Impact Velocity Ballistic Impact Velocity
Venus (fps) 260 120
Mars (fps) 690 480

The retardation system must reduce the velocity of the vehicle at impact so that the shock
attenuation system can absorb the remaining energy without exceeding the maximum

entry deceleration loads - 125 g's for Mars and 325 for Venus. As shown in Section

1. 3. 8, the optimum weight combination of parachutes and shock absorption material
occurs at impact velocities of about 70 feet per second. The depth of the crushable mater-
ial at this impact velocity however is approximately 9 inches which may pose practical
problems in manufacturing and vehicle design. Pending further study, it is felt that the
optimum impact velocity will be in the range of 50 to 60 feet per second.

The parachute system proposed for the Mars Vehicle consists of a Mach number 2.5
supersonic decelerator parachute which is ejected from a mortar tube to provide the
first stage. Drag from the decelerator parachute is then used to separate the aft
cover, extract the main parachute and remove the deployment bag from the main para-

chute canopy. A second stage of deceleration is then accomplished by the reefed main
canopy. Final deceleration is provided after the main parachute is disreefed and the

canopy inflates to the fully inflated configuration. This sequence is shown on Figure 1.2.3-2.
The Mach number 2. 5 parachute was chosen as a conservative estimate of the state-of-the-
art in supersonic parachutes.

The thick Venus atmosphere makes possible the use of very simple retardation devices to
achieve impact velocities of 50 to 60 feet per second. The retardation of the Venus vehicle

is accomplished by deployment of the vechicle aft cover as a drag plate - See Sketch Figure
1.2.3-3.

The deployment for the Mars landing sequence is initiated by the retardation programmer,
The programmer uses a series of "'¢'" switches and timers to sense the Mach number 2.5
flight speed regardless of the entry angle or the atmosphere encountered. The retardation
programmer block diagram is illustrated in Section 1.3.5. In order to prevent excessive
descent times, the radar altimeter is used to prevent deployment of the parachute system
at altitudes above 30, 000 ft.
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F. Orientation Subsystem

Since the prime objective of the Voyager program is the collection and transmission of
surface data from the planets, orientation of the ground sampling equipment and communi-
cation antennas is vitally important.

Four basic orientation modes were evaluated for this study - nose-up, nose-down, side
with vehicle orientation, side with payload orientation. The nose-up and nose-down ori-
entation systems were discarded because of the difficulty in bringingthe Lander to the final
position from any other position. By limiting the bluntness ratio as a function of the
vehicle cone angle, the vehicle can be made unstable in the nose-down position, which
makes the vehicle most likely to come to rest on its side. Once tne vehicle has come to
rest, it is preferable to orient the payload with respect to the ground rather than re-
orient the vehicle, since by definition the vehicle comes to rest in a minimum energy
position.

The orientation sequence is as follows. A position sensor determines the position of the
vehicle and determines the next step in the orientation sequence. If the vehicle is nose
down, rockets are used to tip the vehicle on its side, if the vehicle is on its base, the tip
bars are extended to tip the vehicle on its side. Once on its side, the aft bulkhead of the
vehicle is rotated to a predetermined position with respect to the ground. The tip bar

is fully deployed until it contacts the ground. Explosive anchors mounted to the tip bars
are then fired to stake the vehicle in position.

G. Packaging and Deployment

Packaging studies were conducted on assumed scientific payloads and the power supplies
and communication equipment recommended for the various opportunities. Based on past
experience in packaging scientific payloads, a maximum permissible packaging density of
20 pounds per cubic foot was used in this study. As mentioned above, the shape of the
vehicle was varied to maintain the maximum packaging density.

In the course of the study, several important packaging considerations were uncovered.

(1) The radiation hazard of the Radioisotope Thermoelectric Generator power
supply requires heavy shielding or insertion of the radioactive fuel as one
of the last operations prior to launch. Insertion just prior to launch is most
easily accomplished on the launch pad by removal of a nose cap. Therefore,
the RTG should be located in the nose of the vehicle,

(2) Installation of components that cannot be thermally sterilized require careful
attention to location so that remote handling techniques or glove-box tech-
niques can be accomplished.

(3) Because of the relative rigidity of the antenna coaxial cables, all communi-
cation equipment must be located on the rotating bulkhead to avoid twisting
the cables.

The radar altimeter for the Mars vehicle is located in the crush-up material between the
shield and structure since both the shield and crushable material can be made radar trans-
parent. The radar altimeters must be deployed on the Venus vehicle because the shield
and crush-up structure required for the Venus Lander are not radar transparent equip-
ment requiring contact with the surface of the planet will be deployed with the tip bars.

H. Mars Thermal Control Subsystem
Because of the Radioisotope power supply the Mars Lander vehicle requires a thermal

control system to be operative during the prelaunch, launch, transit, entry and surface
modes of the mission. The system must serve the dual purpose of cooling the RTG unit
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and providing heat to the payload within the vehicle as required. Since the high temper-
ature RTG is located inside the vehicle, a coolant loop is necessary to connect the RTG
with an external radiator during the transit period. The existence of this loop provides the
feasibility of a secondary loop for localized payload temperature control. A schematic
drawing of the proposed control system is shown on Figure 1.2.3-4.

In the prelaunch phase, the RTG will be cooled by an externally supplied coolant flowing
through the RTG heat exchanger.

During the powered flight, while the booster nose fairing covers the Voyager vehicle,
RTG cooling will be accomplished by an evaporative heat exchanger using an on-board
water supply as the cooling agent., In transit, the RTG coolant releases its heat either
to the payload coolant or to the transit radiator which is mounted on the Orbiter-Lander
adapter. The flow path of the RTG coolant is controlled to maintain payload tempera-
tures.

During entry, after the transit radiator has been separated from the Lander, the RTG
will again be cooled directly by a water boiler. This allows additional use of the heat
exchanger which is used for the launch phase RTG cooling.

After entry and vehicle orientation, nose section segments are separated from the vehicle
to expose the RTG. Cooling is accomplished by radiation to the surrounding environment.
Payload thermal control is maintained, as before, through the use of a heat exchanger
and closed loop coolant system.

Components (battery, biological experiments) with maximum allowable temperatures
below the limits for the electronic and communication equipment are controlled by waxes
which attain a two-phase (liquid-solid) state at these maximum temperatures.

1. Venus Thermal Control Subsystem

The Venus Lander will require transit, entry and surface thermal control systems. From
system considerations the [ander will be shade oriented during transit therefore electrical
heaters using power from the spacecraft solar panels will be used to maintain the internal
temperatures between 50 and 100°F. An aluminized mylar insulation blanket over the heat
shield will be used to minimize the power requirements for internal heaters and to minimize
the thermal stresses that exist between the shield and structure,

On the surface of the planet the hot (1050°F) environment will require a cooling system to
maintain the payload within acceptable bounds. Ot the four cooling systems ecvaluated -
thermoelectric, heat pump, vapor compression, and expendable phase change working
fluid - the expendable system was found to be the lightest. The choice of the working
fluid depends on the design surfacepressure. For atmospheric pressures greater than

10 atmospheres an ice-water system was found best, while for pressures below 10
atmospheres a liquid ammonia proved to be best. In the model atmosphere specified

for this study the ammonia system is recommended. The liquid ammonia system is
capable of removing approximately 500 BTU per pound of coolant expended. The Venus
Cooling System block diagram is shown in Figure 1.2.3-5.

J. Power Supply Subsystem

As discussed in Vol. III the power supply selected for the Mars Lander is a Radioisotope
Thermoelectric Generator (RTG) with rechargeable Nickel Cadmium batteries. The
batteries will handle peak loads with the RTG supplying the power required to maintain
the Lander and the power required to recharge the batteries. The power rating the Mars
RTG is 82 watts of electrical energy based on a 5 percent efficient thermoelectric
generator.
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The use of the radioisotope power supply introduces numerous problems such as failure

mode protection both on Earth entry and Mars entry, ground handling radiation pre-
cautions, cooling problems etc. Use of the radioisotope power supply does provide

thermal energy for use in the thermal control of the Lander in space and in the cold Mars
environment.

Dose rates expected from the unshielded isotope indicate that considerable shielding is
required to protect personnel during handling and prelaunch operations.

The Venus power supply consists of a primary silver-zinc battery since operating times
on the surface are only 30 minutes and 5. 5 hours respectively for the 1970 and 1972
missions. Silver-zinc batteries have been specified and are based on the assumption
that with development they can be made heat sterilizable. Nickel cadmium batteries

(proven heat sterilizable) can be used as a replacement but, at a weight penalty factor
of three,

K. Communications Subsystem

As described in Vol. III, Section 1 there are 7 basic communication modes in tae typical
Mars Lander. These links and their more important cnaracteristics are presented
below.

Data Transmitted Antenna
Link Rate Power (Transmitting
(bits/sec) (watts) Receiving)
Primary data Link, Lander 16,000 25 Turnstile
to Orbiter
Data Link, Lander to Earth 1,000 70 21 db Helix
used as backup to 1 & after
Orbiter life is over
Omnidirectional Data link, 4 70 Turnstile
Lander to Earth, emergency
mode
Data Link, Lander to Orbiter, 500 25 ""Trans-
after separation to Lander mission
impact Line"!
Prime Command Link from 10 5 Turnstile
Orbiter to Lander
Backup Command Link 1 10K Turnstile
Orbiter to Lander using
Omni Antenna
Command Link from Earth to 1 10K 21 db Helix
Lander using Lander high
gain antenna
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On the Venus vehicles only two communication links are used. The characteristics of
these two links are listed below and more fully explained in Vol. III, Section L

Data Rate Frequency
Link Bits/Sec (mc) Antenna
Data Link Lander to Orbiter 500 pre Entry 95 '"Transmission
after separation 8000 post Entry Line"
Data I ink Lander to Orbiter 8000 Venus 70 95 ""Transmission
from planet surface 16000 Venus 72 Line"

1.2.4 SEQUENCE OF EVENTS

For a typical Mars mission, Table 1.2.4-1 summarizes in detail the major events which
take place from the prelaunch pnase to the commencing of the surface experiments. The
mission profile is separated into the prelaunch, launcn, parking, orbit, transit, approach,
entry, descent, and surface phases of operation. Throughout tne flight, selected dia-
gnostic instruments will be programmed to monitor and telemeter information back to
Earth via the Orbiter relay communications system. All signals to begin an event on the
Lander, will be given through the Orbiter programmer waile the T.ander & Orbiter are
physically attacned. The only deviation from this is the release of tne Lander sterility
barrier which is released wnen the booster nose fairing is separated.

Four minutes before separation, on signal from the Orbiter, the Lander separation se-
quencer is activated. Separation events are triggered through a series of timer. Imme-
diately after separation (event 4. 10), the cold gas spin system is activated to stabilize
the vehicle during thrusting. Seventeen minutes later, the change of velocity rocket is
fired. The delay of 17 minutes is made to allow a distance of approximately 1000 feet be-
tween the Lander and Orbiter at the time of thrusting. This distance is considered suf-
ficient to prevent large perturbations to the Orbiter and clouding of the solar panels due
to the Lander rocket exhaust,

Entry time has been arbitrarily started at one million feet. Prior to Lander separation,
the Lander separation sequencer receives a computed cruise time whnich will place tae
Lander at the entry altitude. Upon reaching entry altitude, the sequencer timer activates
various sensors, instruments, and atmospheric experiments to be monitored during entry.

The retardation programmer is started at 8.0 g's (decreasing). The decelerator para-
chute is deployed at a Mach number of 2. 5 on signal from the programmer. Should a
Mach number of 2.5 occur above 30,000 feet, the radar altimeter will delay the signal
until the vehicle has descended to 30,000 ft. The radar altimeter will be set to start the
retardation sequence at 20,000 ft as a back-up for the retardation programmer (10) and
as an emergency mode. Terminal velocity with the open main parachute occurs at a
minimum altitude of 4000 feet.

On impact, the parachute is released in a two stage sequence, one pair of shroud lines
are cut at a time, to spill the chute to cne side of the venicle., The vehicle orients itself
using tip rockets and/or the tip over bar. The aft bulkhead is then unlocked and rotated
to the proper position. A command is stored in the Lander programmer to repeat the
orientation procedure if the position sensing switch calls for it. The tip bar is then
permanently deployed along with the antennas and deployable scientific experiments.

The sequence of events for a Venus mission from prelaunci to the beginning of the entry

phase is essentially the same as the Mars mission. Table 1.2.4-2 shows a list of the major
events and their associated time and altitude limits which occur during a Venus entry.
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TABLE 1.2.4-2. ENTRY SEQUENCE OF EVENTS - VENUS ENTRY

TIME

SHORTEST LONGEST

VENUS

ALTITUDE-FT
HIGHEST LOWEST

Begin Entry

Begin Blackout

Peak Heating

Peak "gn

End Blackout

Begin Atmospheric Experiments
Velocity - Subsonic

Deploy aft cover

Playback Entry Data

Impact

16
18
22
22
29
1000
1000

18.4

sec

sec

sec

sec

sec

sec

secC

min

1-18

76
82
102
102
125
1494
1494

26,7

sec

sec

sec

sec

sec

sec

sec

min

400K

407K

301K

301K

340K

5000

5000

1000K
1000K
315K
287K
239K
239K
225K
5000

5000




1.2,5 SUMMARY PARALLEL STUDY WITH LOW PRESSURE ATMOSPHERE

A. Summary

The design model atmospheres used in the parallel study effort are defined in Table
1.2.5-1and Figures 1, 2,5-1 through 3. The tabulation below shows the comparison of
the 15 millibar atmospheres - four atmospheres - with the Upper limit, Mean, and Lower
Limit atmospheres used in the study.

Parallel Study (15mb Atmos) Main Study
11mb-A 11mb-B 15 mb 30 mb Upper Mean Lower
Limit Limit
Surface
Pressure mb 11 11 15 30 41 85 133
Surface
Temperature 0K 260 260 230 210 200 250 300

Retardation and parachute deployment was a major problem area with the atmospheres
used for the Main Voyager Study. The parallel study with lower pressure and density
accentuated the difficulty of the retardation problem.

Figure 1. 2.5-4 shows the restriction required on entry path angle to achieve successful
deployment of a Mach number 2.5 parachute system as a function of ballistic parameter,
Because of high heating and capture uncertainties a minimum entry path angle of 20
degrees was established for the Voyager vehicle. Error analysis has shown that * 14
degrees is a reasonable tolerance on entry path angle, therefore from this standpoint

the maximum ballistic parameter is 22 psf. Further reduction of the ballistic parameter
is desirable to gain design margin and to permit aiming at selected landing sites.

To achieve the lowest ballistic parameter, the maximum drag shape known to be

dynamically stable was selected. This shape is a spherically blunted cone with a 52°half cone
angle and bluntness ratio of 0,47 which has been used successfully on GE designed Mark 2
ballistic Re-entry Vehicle, As explained in Section 1. 2.5-F, having defined an entry

shape (Section 1. 2,5-B) and a maximum packaging density, the ballistic parameter is a
function of the entry vehicle weight as shown on Figure 1. 2,5-5,

Use of conventional parachutes and impact attenuation equipment in the low density atmos-
phere results in unreasonably high retardation system weights and impractical depths of
crushable material, The use of retro rockets in conjunction with the parachutes and
impact attenuation structure was found to result in approximately 100 pounds net weight
saving (see Section 1.2,5-D). The reliability of the system using retro rockets is in-
herently lower because of the additional functions introduced in the retardation sequence
and the sensing required to fire the retro rockets.

The shock attenuation system weight required for the high drag vehicle is higher than the
weight of the Main Study configuration, due to the change in vehicle shape for the same
impact velocities. As shown in Section 1, 2.5-E, the shock attenuation system required
for 200 feet per second wind velocity will be 3 to 4 times the weight of shock attenuation
equipment required for 40 miles per hour, The design for the high wind velocities must
be omni-directional and will result in a data capsule concept. Since it has been postulated
that the high winds occur only during the daylight hours, landing during the hours of dark-
ness is recommended to avoid the severe penalty of designing for the high winds.



TABLE 1, 2.5-1. MARS ATMOSPHERE AND UNCERTAINTIES

Property 11 mb-A |11 mb-B | 15 mb 30 mb
Surface Pressure, mb Py 11 11 15 30
Stratosphere Temperature, °k Ts 130 230 180 130
Surface Temperature, °K T, 260 260 230 210
Acceleration of Gravity at
Surface, cm/sec2 5 375 375 3175 315
Composition, molar concen-
tration %
C02 65 65 43 11
A 35 35 32 13
Ny 0 0 25 76
Molecular Weight M 42,17 42,1 38,7 31.2
Specific Heat Ratio y 1. 40 1.40 1,42 1.42
Adiabatic Temp. Lapse Rate
Troposphere, deg K/km T 5.30 5.30 4,81 3.93
Tropopause Altitude, km hop 24.5 5.66 10.4 23.5
Inverse Scale Height, km™! 8 .148 . 0838 . 0970 .108
Surface Density, gm/cm3 o /107° 2.17 2.17 3.04 5. 36
Artificial Surface Density -5
gm/cm pO/IO 13.2 2.53 4,37 14,1
Density at Tropopause, gm/cm® | 0,.,/107%  .347 | 1.57 1.60 1.55
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The proposed high drag vehicle is shown on Figure 1.2.5-6, This (1270 lbs. entry weight)
vehicle is designed to have a ballistic parameter of 16 psf which restricts the entry path
angles between 20 and 35 degrees computed at 106 feet, The high cone angle (529) and
bluntness ratio (0. 47) require base orientation rather than side orientation as discussed

in Section 1, 2,5-F,

The conclusions reached in the parallel study are:

1. An entry Lander can be designed for the 15 mb atmospheres without signifi-
cant sacrifice in payload capability.

2. Severe entry corridor limitations are required to insure successful parachute
deployment,

3. The proposed Lander system is inherently less reliable because of corridor
restrictions, more complex retardation systems, and a less desirable
orientation system,

4. Design for 200 feet per second wind velocities at impact will require exten-
sive development and a data capsule concept as discussed in Section 1, 2.5-E.

B. Trajectory Analysis 15 mb Model Atmospheres

(1) Trajectory Matrix

In order to define the magnitude of the design changes imposed by the 15 mb Model Atmos-
pheres, a limited matrix of point mass ballistic entry trajectories were computed, The
matrix consisted of all combinations of the characteristics listed below:

Entry Velocity Vv, 21,000 ft/sec and 15,000 ft/sec

Entry Path Angles = 20, 30, 60 and 90° dfh

Ballistic Parameters W/CDA =5, 10, 15, 20 and 35 PSF

Atmospheres 11 mb-A, 11 mb-B, 15 mb, and 30 mb,
The lower velocity of 15,000 ft/sec was included to simulate possible out-of-orbit trajec-
tories and the choice of lower ballistic parameters were based on the knowledge that the
lower ballistic parameters reduce the descent rate into the less dense atmospheres

allowing more time for parachute deployment,

(2) Parachute Deployment Altitude

The most dense of the 15 mb Model Atmopsheres (30 mb) allows the entry vehicle to pene-
trate more deeply into the Mars atmosphere for significant events to occur than the least
dense atmosphere used in the Main Voyager Study. Figures 1,2.5-7 and 1, 2.5-8 show the
altitude of occurrence of a Mach number of 2.5 (supersonic parachute deployment altitude)
as a function of ballistic parameter with path angle as a parameter for entry velocities of
21,000 ft/sec and 15,000 ft/sec into the 11 mb-A atmosphere., Considering 20, 000 ft to
be a minimum chute deployment altitude, it is shown that the path angle entry corridor is
severely limited for the higher ballistic parameters, and further, that very little is
gained in reducing initial velocity to 15,000 ft/sec. An increase of 35 - 45,000 ft, in
altitude of occurrence results if the 30 mb atmosphere is assumed. Those results appear
in Figures 1,2.5-9 and 1.2.5-10.
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3) Maximum Deceleration Rates

The magnitude of key events, such as peak accelerations and peak heating, depends on the
rate of change of density with altitude, Of the four low density model atmospheres used
in the parallel study, the 11 mb-A atmosphere (possessing the largest density gradient)
yielded the highest maximum axial deceleration rates. The lower ballistic parameters,
W/CpA =10 psf, curve gives slightly higher decelerations than the broken curve for
W/CpA =15 psf. This same ballistic parameter effect was noticed on the more dense
Mars Lower, Mean and Upper atmospheres. These results appear in Figure 1.2,5-11.

Figure 1.2.5-12 presents maximum deceleration as a function of path angle with atmos-
phere as a parameter for a constant entry velocity of 21,000 ft/sec. The density gradient
effect for the various atmospheres yields the expected result of having the higher maximum
decelerations occurring for the 11 mb-A model atmosphere. The ballistic parameter
trend observed on the other model atmospheres (i, e., maximum loads inversely propor-
tional to W/CpA) does not hold for the larger path angles for the 15 mb and 30 mb atmos-
pheres, but the differences in magnitudes are negligible,

4) Capture Angles

For the low density model atmospheres the following capture angle results were noted
where the initial path angle is at 108 ft,

(a) For a particular entry velocity and atmosphere the capture angle increases
approximately 0.5° as W/CpA increases from 5 to 35,

(b) Between a nominal entry velocity of 21, 000 ft/sec and a nominal out-of-orbit

entry velocity of 15,000 ft/sec, the capture angle decreases approximately
4. 00,

(c) The 15 mb and 30 mb atmospheres had the same effect on capture angle,

(5) Capture Angles for Low Density Martian Atmospheres
Velocity Atmosphere Capture Angle Range

21,000 ft/sec 11 mb-A 18,00 - 18, 59 dfh
21, 000 ft/sec 15 mb 17.5° - 18, 0° dth
21,000 ft/sec 30 mb 17.5° - 18.0° dth
15,000 ft/sec 11 mb-A 14.0° - 14.5° dfh
15,000 ft/sec 15 mb 13.5° - 14.0° dth
15,000 ft/sec 30 mb 13.5° - 14, 0° dth

(6) Multiple Degree of Freedom Trajectories

No multiple degrees of freedom trajectories were analyzed for the supplementary study
but certain trends can be predicted based on a comparison of the density profiles. The
angle of attack convergence as the vehicle descends into a particular model atmosphere
will depend largely on the density gradient., Two atmospheres having the same density
gradients cause a vehicle entering with an initial angle of attack to converge in angle of
attack in direct proportion to the relative magnitudes of the densities at corresponding
altitudes, This influence is smaller than the density gradient effect. It should be
expected, therefore, that a 6 degree of freedom trajectory using the 11 mb-A atmosphere

1-22



will have a slightly more rapidly converging total angle of attack (for some initial con-
ditions) than for the same trajectory calculated using the Mars lower atmosphere due to
the slightly larger density gradient, Further, the maximum transverse loads would be
slightly decreased. This situation will not exist for the 11 mb-B atmosphere with its
lower density gradient,

C. Configuration Analysis

As noted in the preceding trajectory parametric analysis, unless the entry path angle is
severely restricted the ballistic coefficient must be reduced to achieve successful para-
chute deployment, Three ways of reducing this parameter (W/CpA) are 1) Reduce the
weight W, 2) Increase the base area A, and 3) Increase the drag coefficient Cp,.

Reduction of the total vehicle weight is generally undesirable, since a large portion of
this weight will come directly out of the payload., While a slightly lighter Lander shell
weight will result with lower ballistic coefficients, this method leads rapidly to prohibi-
tively small payloads.

Increasing the base area also leads to a point of diminishing returns, The added heat
shield and structural weight required for a larger diameter vehicle tends to increase
more rapidly than the base area so that the net effect is an increase in the ballistic
coefficient,

While a slight decrease in vehicle weight combined with a slight increase in vehicle
diameter may aid the situation, a major factor in modifying the ballistic parameter will

be the drag coefficient. Barring dominant radiative heating, an increase in drag will
result in a corresponding decrease in ballistic coefficient without any adverse static effect.
This implies one would like to fly as high a drag shape as possible. However, when con-
sidering highly blunted shapes, such as Apollo type configurations, dynamic characteristics
become important. Following entry at possible high angles of attack, density damping

will occur initially, As the dynamic pressure increases, the aerodynamic characteristics
will tend to dominate. After peak dynamic pressure, the aerodynamics must overcome
the effect of decreasing dynamic pressure if vehicle oscillations are to converge, The
question of possible large or divergent oscillations in regions of high heating, normal
loads or at parachute deployment and their influence on system design is of interest.

Linear theory (Ref. 1) shows that the dynamic stability factor

C.-C. +(C C.. ) <D> 2
é = - -+ + —_—
D LOL Mq NI& o
where
¢ = dynamic stability factor
CD = drag coefficient
CL = lift curve slope
o
CM + CM . = dynamic damping coefficient
o o
D = reference dimension ~ vehicle diameter
o = radius of gyration
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will control angle of attack envelope where { must be negative for convergence. Con-
sidering blunt body characteristics at near zero angles of attack; Cp is strongly positive,
CLy is negative and (CM, + CMm &) is at best near zero if not positive. While characteristics
at higher angles of attacl% are more conducive to convergence, dynamic oscillations may

be severe. The problem is increased with any adverse pitch or spin rate during initial
entry at high angles of attack.

The solution utilized on manned earth re-entry vehicles is to provide an active rate
damping system., Another possible solution is to trail a small ""stabilizing' device. Apart
from the problem of ejection and deployment of such a device, it is not evident without
extensive investigation that a trailing body is "'a priori" stabilizing. Tests have shown
that the complex motion of two bodies (up to 13 degrees of freedom) may in fact couple
such as to increase divergent tendencies, It is strongly felt that early unmanned planetary
Landers should be passive in every possible aspect.

Six degree of freedom trajectories, Section 1, 3, 2-E, have shown that angles of attack up
to 24 degrees can occur during peak heating and normal loads on a vehicle with reasonably
favorable aerodynamic characteristics. Prior trajectory analyses have shown Apollo type
configurations may in fact tumble far into a Martian entry. Even assuming that a catas-
trophic oscillation history will not result, i. e., angles of attack near 180 degrees during
peak heating, peak loads, or at parachute deployment, the design penalty for higher angles
of attack during heating and increased normal loads must be evaluated in view of the
potential drag coefficient increase.

if the limit of adequate dynamic characteristics is somewhat arbitrarily set at a proven
earth re-entry configuration (a blunted sphere-cone Ry/Rp 0.5 and 6, - 50° with

Cy 2 O0and (Cng + Cmg) < 0), several conclusions can be drawn, The hypersonic drag
coefficient for this configuration is approximately 1.3. While an Apollo type shape could
increase this value to near 1,5, it appears the 15 per cent increase in drag (or decrease
in ballistic coefficient) would be largely consumed by increased heat shield and structural
weight due to higher integrated heating and normal loads. Thus if a conservative Lander
design approach is to be followed, highly blunted Apollo type configurations do not appear
acceptable. To confidently utilize higher drag shapes, further parametric ground and
flight test data are required. Another approach to increasing the drag coefficient is to
utilize an auxiliary drag device, This concept is discussed under Retardation Analyses
(Section 1,2,.5-D) and is not recommended for early Voyager missions.

Therefore, the highest possible drag configuration with proven acceptable dynamic char-
acteristics (Ry/Rp - 0.5 & -~ 500) has been selected for further investigation,

D. Retardation

A general discussion of the retardation of Voyager Lander vehicle entering the atmos-
pheres of Mars and Venus has been given in the main body of the Voyager Study Report.
Conclusions drawn from this discussion were that parachutes appeared to represent the
optimum choice of retardation device based on performance and state-of-the-art con-
siderations. In this parallel study, it is desired to show the effect of lower density
atmospheric models, 11 to 30 millibar surface pressure, on the Voyager Lander system
design.

From the retardation point of view, consideration of the lower density atmospheric models
results in two problem areas, First, for a given vehicle and trajectory, the vehicle
velocity at deployment of the retardation devices is much higher as illustrated in previous
sections, Secondly, the required drag area of the final descent parachute(s) is consider-
ably increased. These two effects of the lower density atmospheres result in a more
difficult retardation problem which can only be satisfied by increasing the weight and/or
complexity of the retardation system.
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For the 11, 15, and 30 millibar atmospheres, Figure 1.2,5-13 provides the information
necessary to determine the required drag area (CpA) for a given vehicle weight and
desired impact velocity. Once the required CpA of the Parachute(s) is known, the size
and number of parachutes, main descent parachute weight and volume can be obtained
from Figures 1,2,5-14 through 1,2.5-16, respectively, Descent time of the vehicle
after main parachute deployment is given in Figure 1.2.5-17 as a function of deployment
altitude and descent velocity in the 11 millibar atmospheres.

A drogue parachute is recommended for purposes of main parachute deployment, vehicle
stabilization and deceleration. Use of a supersonic decelerator allows a larger basic
vehicle ballistic parameter to be employed for a given altitude of main parachute deploy-
ment, Figure 1.2,5-1& presents the approximate decelerator parachute state-of-the-art
as referenced to the Mars 11-B model atmosphere. In Figure 1.2.5-18 the line repre-
senting a dynamic pressure of 1,0 PSF defines a lower limit at which parachute inflation
would be expected to be erratic., Also the Mach number 2, 2 line represents the approxi-
mate upper Mach number limit based on performance of past recovery systems. At the
present time, a new parachute, the Hyperflo, is being developed which has performed
satisfactorily, aerodynamically, in tests at Mach numbers up to 6, 0. At these high Mach
numbers, aerodynamic heating of the parachute becomes significant, resulting in a mate-
rials problem since normal parachute material, nylon, loses considerable strength at
elevated temperatures, An alternate parachute material, HT-1, capable of retaining
approximately 50 per cent strength to 6000F is presently being incorporated into the
Hyperflo design. Thus, this temperature limit, 600°F, based on the temperature increase
across a normal shock is shown in Figure 1.2.5-18. In recent flight tests of a Hyperflo
canopy constructed of HT-1 material, deployment Mach numbers up to 4.0 were success-
fully obtained in which satisfactory operation occurred. Therefore, for this study, a
design deployment Mach number 2.5, corresponding to the Main Voyager Study, has been
selected realizing that considerable growth in Mach number capability is possible.

The estimated CpA of the Hyperflo as a function of diameter and Mach number is pre-
sented in Figure 1.5.2-19. The drag coefficient (Cp) of the canopy is based on wind
tunnel, free-flight and rocket sled tests, In Figure 1.2.5-20, the weight of the Hyperflo
canopy as a function of drag area and deployment dynamic pressure is estimated.

Combining the weights of the Hyperflo decelerator and the main descent parachute and
allowing for such items as deployment bags, suspension lines, risers, use of HT-1
material, sterilization, radiation and vacuum soak, results in an estimate of retardation
system weight, This weight as a percentage of Lander vehicle weight at entry is pre-
sented in Figure 1.2.5-21as a function of impact velocity.

From Figure 1,2,5-21, it can be seen that the retardation system weight will decrease
with increasing impact velocity. At the same time the weight of an impact attenuation
system increases with increasing impact velocity since more energy must be dissipated,
as explained in more detail in Section 1,2.5-E. Since both the retardation and impact
attenuation systems are a direct function of impact velocity and varying in opposite direc-
tions, the combined weight of the two systems should indicate an optimum landing velocity,
For the material deformation type of attenuation system, Section E, Figure 1,2,5~22 gives
the combined retardation and crushup weight as a function of impact velocity for a vehicle
weight of 1270 1b, and maximum impact deceleration of 125 g's. From Figure 1,2,.5-22
the optimum velocity, based on total weight, is 85 f,p.s. At this velocity, considerable
depth (stroke ~- 14 inches) of crushable material is necessary if the deceleration is not to
exceed 125 g's, This stroke in combination with secondary impact considerations, con-
sumes a significant portion of the total vehicle volume, resulting in unrealistic payload
packing densities or a reduction in payload. Seeking to reduce the attenuation system
volume, three approaches can be taken: lower the impact velocity, increase the impact
deceleration design limit, or consider an alternate attenuation system.
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Lowering the impact velocity would decrease the required stroke or depth of the crushup
material, thereby decreasing the vehicle volume necessary for crushup material. How-
ever, the weight of parachute necessary to reduce the impact velocity increases rapidly
as indicated in Figure 1.2.5-22, The increase in retardation system weight must be
talanced by a decrease in payload weight in order to hold the total vehicle weight constant.
‘This course of action is undesirable.

A alternate solution to reducing crushup material volume is to increase the "'g'" load at
impact, This, of course, will decrease the crushup volume without an increase in landing
system weight since the same impact velocity is used, resulting in the same amount of
energy to be absorbed. The increased "g'" load can be detrimental to the design of the
payload and violates one of the initial assumptions of the study. Therefore, a change in
impact "g" load was ruled out as a solution to the crush-up volusie problem.

In considering alternate attenuation systems, the least complex and highest performance
system appeared to be retro-rockets. The type of retro-rocket system considered con-
sisted of three solid propellant rockets attached to the main parachute risers above the
vehicle which fire in a direction - 30 degrees from the vertical to avoid extensive plume
impingement on the vehicle. The three rockets would be connected together in a cluster
with thrust vectors at 120 degree angle of roll from each other.

Initially, the parachutes and retro-rockets were sized to give zero vertical velocity in

the Mars 11 millibar atno sphere with crushable material absorbing the horizontal energy.
Figure 1.2.5-23 presents the combined weight for this type of system as a function of
parachute terminal descent velocity. The optimum parachute terminal descent velocity
appears to be 150 f,p. s., which gives a system weight of just over 200 lbs., This is a
reduction in weight of about 100 Ibs. or 30 per cent over the parachute-crushup system
shown in Figure 1.2,5-22,

Unlike the crush-up system which is passive, the solid propellant retro-rocket system
cannot be easily designed *o operate in a range of atmospheric models since it must be
designed for a given terminal descent rate. It is then of interest to determine the effect

of atmospheric model on the system design. Figure 1.2.5-24 presents the retardation

and retro-rocket weight (including crush-up for secondary impact) as a function of parachute
terminal descent velocity for the 30 millibar atmosphere, It can be seen that the optimum
descent velocity is reduced to approximately 120 f. p. s. and the total weight is about 180

Ibs.

The design solution chosen for use in the range of atmospheric models (11 to 30 millibar)
is to design the parachute - retro-rocket system such that zero vertical velocity is en-
countered at impact if the actual Mars atmosphere proves to be the 30 millibar model, If
the actual atmospheric model turns out to be the 11 millibar value, then a residual impact
velocity would be encountered after retro-rocket firing due to the higher terminal descent
velocity in the lower density atmosphere., This residual vertical velocity and any horizontal
velocity would be absorbed by crushup material, The trade-off of total weight (parachutes,
retro-rocket and crushup) with terminal descent velocity in the 11 and 30 millibar atmos-
pheric models is given in Figure 1,2.5-25. Note in Figure 1,2, 5-25 that the optimum
descent velocity is about 90 f.p.s. in the 30 millibar model which corresponds to 139
f.p.s. in the 11 millibar model. The optimized weight is lower than that for parachute
retardation and crushup alone by almost 100 Ibs, Also, the crushup volume is reduced
considerably since the velocity to be absorbed is only the difference between the two
atmospheric models (49 f.p.s.) and not 85 f.p.s. as in the non retro-rocket case. This
system, though more complex than that recommended in the main Voyager study, is felt to
be more effective in view of the reduced density of the nominal 15 mb atmospheric models,
It is therefore the recommended system for use on the Voyager Lander vehicle in this
parallel study.
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E. Shock Attenuation

As shown by the parachute sizes and weights in the previous section, a careful analysis of
shock attenuation devices is required to achieve an optimized retardation system. Un-
fortunately, many assumptions are required to predict the behavior of the entry vehicle
on impact such as wind speeds, ground slope and texture, and the inelastic behavior of
the energy absorbing materials. This section treats each variable in an attempt to arrive
at a suitable conclusion regarding shock attenuation equipment.

Figure 1. 2,5-26 shows graphically the resultant impact velocity of the entry vehicle as a
function of vertical descent velocity, and ground slope for a fixed - 40 mile per hour -
wind velocity. The analyses in the Retardation section show that the vertical descent
velocities from 40 to 80 feet per second are of interest, Figure 1.2,5-27 shows the depth
of the shock attenuation material required to decelerate the vehicle to rest at various
deceleration rates as a function of the resultant or normal velocity. These curves illus-
trate that at high impact velocities and low deceleration rates deep crushable material is
required, Very deep crushable material results in small internal vehicle volumes and
packaging density problems.

Figures 1,2.5-28 and 1, 2,5-29 define the shock attenuation system weight as a function
of impact velocity and deceleration rate for the vehicles designed in the Main Study
(W/CpA = 35) and ""15 mb" parallel study (W/CpA = 15) atmospheres. The matrix below
tabulates the weight increase for a normal velocity of 70 feet per second.

SHOCK ATTENUATION SYSTEM WEIGHT

DECELERATION RATE
100 G's 200 G's 300 G's 400 G's

VEHICLE

Shock Attenuation 104 1bs 100 lbs 95 1lbs 90 Ibs
wt - Main Study
Vehicle

Shock Attenuation 130 1bs 126 lbs 119 Ibs 110 1bs
wt - High Drag
Vehicle

The tabulation above shows that the payoff for designing to higher deceleration rates is
small for the impact velocities in the range of this study. Figures 1.2,5-30and 1.2.5-31
show the effect of designing to higher "'g" loads on structural weights. The net result of
designing to higher ''g" loads for a given impact velocity is a gain in weight due to the
increase in structural weights, A design entry deceleration rate of 125 g's was established
for the Mars by trajectory analysis of a vertical entry in the thicker atmosphere. This
limit will not be changed because of the uncertainties of the Mars atmospheres.

All of the analysis thus far has been based on a horizontal impact velocity of 40 miles per
hour (58 f.p.s.) combined with vertical descent rates of 40 to 150 feet per second. For a
vertical descent the topographical features of the surface of the planet are relatively un-
important. When the horizontal velocity of the entry vehicle is higher than the vertical
descent rate it is necessary to better define the surface of the planet,

Such systems as skids and shaped vehicles appear most favorable for a high horizontal
velocity impact design. However, unless the landing area is well defined, they cannot be
properly engineered, and the design will be only as valid as the assumed landing area
definition, Since very little is known, at the present time, about other planetary surfaces,
developments in these impact systems can only progress with better knowledge of the
surface and an increased assurance of landing on a desirable site. Therefore, the above
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systems are not recommended as a design solution to the high horizontal velocity problem
at the present time,

Since the surface characteristics of the planet are unknown, and since the reduction of the
horizontal velocities with retro-rockets requires stabilization and control, an omnidirec-
tional impact system is recommended, This design will have the highest reliability of any
system for landing on unknown terrain; however, payload weight will be sacrificed for
impact system weight, Both a spherical and an ellipsoidal shaped capsule appear promis-
ing with deformable material either external or internal to the capsule support structure.
An impact system weight increase of 50-75 per cent for this approach over that used for
the Main Study Voyager design is anticipated using the same design conditions as for the
Voyager study. This is due to the fact that the entire surface is covered with crushable
material and two independent structures for capsule and shield are required. An impact
system weight increase of 300-400 per cent is expected if the horizontal design velocity
increases from 58 f.p.s. to 200 f.p.s. for either the Voyager design or an omnidirectional
design approach.

F. Vehicle Design

The design of the kntry/Lander is fixed by the parameters defined in the previous sections,
The vehicle design must meet the following requirements,

gross vehicle weight 1450 lbs, Mars 1969 vehicle (entry weight 1270 1bs.)

shape - RN/RB = 0,417

(@)

1

8
c

52

design impact velocity 49 f,p. s.
packaging density 15 lbs/ft3 (see Section 1, 3.9-F).

Since the vehicle shape is fixed as the maximum drag shape consistent with dynamic
stability requirements, the vehicle surface area and volume can easily be determined as
a function of base diameter. The shield and structure weights can then be determined as
functions of the base diameter (Figures 1.2.5-32 and 1.2.5-33!, The vehicle volume and
the payload packaging density determine the payload weight as a function of base diameter
(Figure 1.2.5-34,.

Summing up shield, structure and payload permits an estimate of retardation system
weight as a function of diameter (Figure 1.2,.5-35), Summation of all the above weights,
Figures 1. 2,5-37% through 1, 2.5-35, results in a vehicle entry weight., Since the hyper-
sonic drag coefficient is constant for a given shape and the base area is a function of the
base diameter for a given entry weight the optimum ballistic parameter is easily deter-
mined (Figure 1.2.5-36). The relationship between gross weight and ballistic parameter
exists for this design because the vehicle external geometry was held constant. Finally,
the payload {raction as a function of base diameter is shown on Figure 1.2,5-37.

G, Orientation and Deployment

The high drag shape of the vehicle proposed for the 15 mb atmosphere results in a geometry
that is not favorable for side orientation (Figure 1.2.5-38), Alternatively, base down
orientation is proposed. Rockets through the side of the vehicle, Figure 1.2.5-6, will be
used to tip the vehicle over from its side to its base as required by a position sensor.
Multiple rockets will be used for redundancy and multiple opportunities to repeat the
orientation procedure.
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Once the vehicle has been oriented on its base, the nose cap will be ejected to uncover the
RTG and permit deployment of the scientific payload (Figure 1.2.5-38). Surface sampling
for this vehicle will be accomplished through the aft bulkhead,

The estimated weight breakdown of the high drag vehicle is shown on Table 1.2.5-2. Note
the relatively small change in payload capacity from the vehicle proposed in the main
study. This is explained by (1) severe limitations on the vehicle entry corridor, (2) a
more complicated retardation system including retro-rockets rather than the relatively
simple all parachute system proposed in the main study, and (3) because of the weight
economies involved with the base down orientation system. The two vehicles presented
in the weight break-down are not strictly comparable because they are designed to have
different capability and different inherent reliability. The 15 mb vehicle is less reliable
because of the more complicated retardation system and the base orientation versus side
orientation,

H, Lander Dispersion and Line-of-Sight Times for 15 mb Mars Atmosphere

Lander studies, for the case of thell mbMars atmosphere, place limitations on the per-
missible valucs for entry angle. Entry angle, in turn, influences both Lander dispersion
and line-of-sight time. The permissible entry angle corridor covers the range of 20° to
350, In order to place each Lander on its previously selected landing site, Syrtis Major
(7ON) and Pandorae Fretum (240S), and at the same time meet the entry angle corridor
conditions for the case of simultaneous Lander separation, it is neccssary to select the
time of entry such that both landing sites are east of the Orbiter ground track. For
example, Pandorae Fretum could be reached by a plane change of 19, 9° with an entry
angle of 319; Syrtis Major would require a plane change of 59° and an entry angle of 2790,
thereby satisfying the entry angle corridor requirements,

It is estimated that, under the worst conditions, line-of-sight from Pandorae Fretum to
the Orbiter will be maintained for at least 8.5 minutes after Lander impact, However,
Syrtis Major is so far out of the plane of the trajectory that line-of-sight to the landing
site is lost long before the time of entry. Thus, under these circumstances, data can be
obtained from only the Pandorae Fretum Lander during the approach phase,

An examination of landing site dispersion for Syrtis Major (worst case) indicates that
in-plane errors in impact location can increase to more than 20° (planet central angle)
for separation attitude errors of 49, An attitude error of less than 3° would be required
in order to insure impact for the case studied (AV = 312 ft, /sec.).

It is clear that theli mb Mars atmosphere introduces Lander problems in the areas of

line-of-sight time and dispersion for the case studied. The resulting constraints on
choice of landing sites and orbit selection can be defined with further studies,
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TABLE 1,2,5-2,

WEIGHT STATEMENT 15 MB VEHICLE

15 mb Voyager
Vehicle Mars 1969 Vehicle

Shield 100 84
Structure 274 234
Aft Cover 66 57
Retardation & Crushup 280 288

Crushup Structure 126 133

Parachutes 83 127

Parachute Housings 11 12

Programmers Batteris, etc. 12 8

Harness 10 4

Hardware 5 4

Retro-rockets 33 -
Ground Orientation 40 67
Separation 6 6
Payload 504 534

Thermal Control 72 72

Power Supply 100 106

Communications 145 141

Scientific Payload 187 215
TOTAL ENTRY WEIGHT 1270 1270
Adapter 71 71
AV Rocket 97 97
Spin System 12 12
Gross Entry Lander Weight 1450 1450
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DENSITY ~ SLUGS/FT3
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Figure 1.2.1-3, Mars Lander With Aft Cover Attached
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Figure 1.2.1-4, Mars Lander With Radiator-Adapter Section Attached
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Figure 1.2.2-1 Peak Axial Deceleration vs, Entry Angle for W/CDA - 35 PSF
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1.3 ANALYSIS AND STUDY RESULTS

Detailed analyses have been conducted in the various technical disciplines relating to Lander
technology. These analyses are presented by subject area to assist those primarily
interested in specific disciplines. The effect of study parameters; such as, initial entry
conditions, atmospheric models and configuration variables have been investigated.
Subsystem designs have been developed and integrated into cealistic conceptual Lander
designs. In addition, subsystem results have been parametrically evaluated to indicate
optimization trends.

1.3.1 CONFIGURATION MATRIX

A. General Classes of Configurations

In determining a range of configurations for detailed technological investigation, consider-
ation must be given to mission requirements, planetary entry environment, and potential
design confidence. Mission requirements include inpact survival and sufficient payload
capability to perform the desired experiments and communicate the resulting data. The
low density Mars atmosphere provides severe retardation problems, while the Venus
entry environment is characterized by high decelerations and thermal loads. Design con-
fidence must be evaluated in terms of projected state-of-the-art based on the Voyager
timetable. Several general classes of configurations have potential planetary entry capa-
bility.

(1) Lifting Configurations

A lifting entry body can provide corridor modulation to reduce the severity of the Venusian
entry loads and heating on the vehicle. If sufficient lift/drag ratio is available, the pos-
sible impact points can be expanded into "footprints" containing horizontal and lateral
range capability. The Martian retardation problem can be eased by utilizing vehicle lift
capability to reduce the vertical descent rate at the expense of increased horizontal veloc-
ity. While the lifting body can reduce the severity of the entry and increase vehicle per-
formance, it requires a sophisticated guidance and control system to accomplish these
benefits. As indicated by trajectory analyses, the entry corridor to provide extensive
load or thermal reduction is extremely limited. Theoretical techniques are greatly in-
creased in complexity when dealing with lifting bodies, other than those with simple center
of gravity offsets. Combining these factors with lack of flight test experience, lower de-
sign confidence must be assigned this class of configuration.

Lifting bodies are still several years away from extensive hardware application for Earth
re-entry. Projecting the state-of-the-art, it appears that adequate lifting entry technology
will not be available for initial Voyager flights in 1969. During the later part of the Voy-
ager schedule, that is during the mid-seventies, lifting vehicles may be more feasible.
They provide excellent growth capability into later manned systems, or systems that in-
clude more g-sensitive equipment.

(2) Modified Drag Configurations

A configuration which includes drag modulation capability can reduce the severity of the
entry loads and peak heating and also ease the retardation problem. Drag modulation can
vary from continuous modulation to a simple one step drag change. The variation in drag
has the effect of spreading the entry loads and heating over a longer period of the entry
time cycle and thus reducing the peaks. The ability to provide increased drag over a
portion of the trajectory aids the vehicle retardation.

Trajectory analysis indicates that continuous modulation is required to obtain significant

reduction in the severity of the entry. This dictates the use of a rapid sensing and actu-
ating system. Since the atmosphere of the two planets in unknown, it appears that not
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only the magnitude of the deceleration but its rate of change is needed to adequately modu~
late the drag. To obtain sufficient drag area, large and heavy actuators must be utilized.
The increased weight and reduced reliability of such a system tend to overshadow possible
advantages. Lack of flight test experience with this type of configuration also leads to

lack of design confidence. One-step drag modulation is considered in more detail under
Retardation Analysis (Section 1. 3.5).

(3) Ballistic Configurations

The highest design confidence can be placed in axisymmetric ballistic configurations
based on extensive Earth re-entry capability. Ballistic entry vehicles can survive the
planetary entry environments with adequate variation of configuration geometry and bal-
listic parameter. For early Voyager applications ballistic entry vehicles provide the most
realistic class of configurations because of their basic simplicity and passive nature.

B. Sphere Cone Selection

Within the general class of flight tested ballistic configurations are sphere-cones and
sphere-cone-cylinder-flares. Possible adverse aerodynamic stability effects on the
flared shapes, due to atmospheric CO2 content, and overall higher design confidence
dictate the choice of sphere-cones. Limits of the sphere-cone configurations can vary
from sharp-pointed cones to very blunt segmented spheres. Both of these extremes are
worthy of comment for specific applications.

Pointed sphere cones, which maintain an attached bow shock wave, have been suggested
by Allen of NASA Ames as desirable, if not the required, entry shapes when the heating
due to radiation becomes dominant. For Venusian entry velocities up to 40,000 f.p.s.,
radiative heating may become a significant (but not dominant) factor particularly at steep
entry angles. The lower drag of these pointed bodies tends to increase the ballistic co-
efficient which increases the severity of the entry. In view of the problems in maintain-
ing a pointed nose, in addition to the fact the most severe Venusian entry conditions are
just approaching the range where extremely high radiative heating is observed, the
pointed sphere-cones do not appear attractive for the Voyager mission.

Very blunt configurations, such as the Apollo type, are also of interest particularly for
Mars entry. The high drag shapes lower the ballistic coefficient so that the retardation
problem is eased. However, they also present large areas with near stagnation values
of loads and heating. Perhaps the largest question mark on these shapes is their dynamic
characteristics and the resultant capability to converge to near zero angle of attack
during regions of high loads and heating. During initial portions of the entry while the
dynamic pressure is increasing, density damping will occur. When the dynamic pressure
rises to significant values, the aerodynamic characteristics of the configuration will in-
fluence oscillation convergence. After peak dynamic pressure any aerodynamic instabi-
lity will be even more pronounced. While some differences in test data exist concerning
the exact value of aerodynamic damping (Cmq +Cm &) for these shapes at high Mach num-
bers, they at best have near zero damping for small angles of attack. Combining this
with extremely small or even negative values of Cy, a, the dynamic stability factor [CD-
CL, + (Cmq +Cmyg) ((L;)z] will be positive for these high drag shapes indicating dynamic
instability. “While the situation may improve at higher angles of attack, six-degree-of-
freedom trajectories have shown with relatively small initial pitch rates (q < 10°/sec),
high angles of attack or even tumbling can occur well into the entry trajectory even with
reasonable spin rates. In view of the existing uncertainties in the Voyager mission (i.e.
atmosphere, possible Lander orientation at initial entry etc.), it is felt that unless abso-
lutely necessary for accomplishment of mission requirements, very blunt segmented
sphere shapes should be avoided.
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This process of elimination leaves a rather broad family of blunted sphere-cone configu-
rations for possible lander configurations. It is proposed to investigate this family of
blunted sphere-cones by parametrically varying bluntness ratio and cone angle to deter-
mine near optimum configurations providing maximum payload capability. (See tabula-
tion below)

CONFIGURATION ANALYSIS PARAMETERS

RN
R 0.25, 0.60, 0.90

B
0 20°, 30°, 40°
wt 300, 1500, 2500 lbs

(Nominal D =3.5, 8.0, 10.5 Ft)

W/CDA 20, 40, 60 psf
Ae Capture to 90°
Ve Mars: 14,500 to 25,000 ft/sec.
Ve Venus: 32,000 to 40,000 ft/sec.
Atmospheres - Mars: Upper, Mean, Lower

Venus: Standard, Extreme

The lower end of the bluntness ratio and cone angle range has been limited to 0.25 and 20
degrees respectively to provide sufficient drag to prevent the ballistic coefficient from
becoming too large. The higher end of the range, 0.90 and 40 degrees, is felt to approach
the dynamic stability limit for very blunt configurations. The exact dynamic characteris-
tics of these shapes can only be determined by a comprehensive wind tunnel program
since analytical techniques are not presently sufficiently accurate. Higher cone angles
are less desirable for Vepusian configurations in view of the potentially high radiative
heating. Some consideration has been given 50 degree cone angles for Martian application.

When combined with the hypersonic drag coefficients, resulting from the configuration
W
matrix, a range of ballistic parameters, ( —CT) obtained. Previous studies have shown

a reasonable ballistic parameter range of interest is from 20 to 60 psf.

This family of configurations will be investigated over a parametric range of entry condi-
tions to determine near optimum configurations and their payload capability.
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1.3.2 AEROMECHANICS

A. Introduction

(1) Planet Characteristics

The planetary entry trajectory information presented herein is based on the following
physical characteristics:

MARS VENUS
Radius 3392 km 6 6148 km 6

11.128 x 10~ ft 20.17 x 10" ft
Surface Gravity 373 cm/sec2 860 cm/ssec2

12. 24 ft/sec2 28. 215 ft/sec?
Oblateness 0 0

For this study, no winds were considered and the sensible atmosphere for both planets
was assumed to extend one million feet from the surface of the planets.

(2) Model Atmospheres

Two model atmospheres were considered for Venus; Venus Standard and Venus Extreme.
For Mars the three atmospheres used were designated Mean, Upper Limit, and Lower
Limit to indicate the relative densities of the profiles. Since deceleration, aerodynamic
heating, flight path, etc., depend mainly on the atmosphere encountered, and since so
much of the detailed atmospheric information on Venus and Mars is fragmentary, several
profiles are necessary for purposes of vehicle design. Although the absolute value of
density at a particular altitude is uncertain, the density gradient which controls peak
heating and axial loads is reasonably well defined.

Calculated trajectories use linear interpolation for speeds of sound between tabulated
values, and logarithmic interpolation for density between tabulated values. Charts show-
ing density, pressure, and temperature vs. altitude can be found in Section 1. 1.

B. Preliminary Aerodynamics

Preliminary aerodynamic characteristics are presented for the matrix of configurations
discussed in Section 1. 3.1-B and illustrated in Figure 1.3.2-1. Nominal base diameters
of 3.50, 8.00, and 10.50 feet are considered for each shape corresponding to nominal
weight classes of 300, 1500, and 2500 pounds, respectively.

The variation of zero angle of attack drag coefficient with Mach number for continuum

flow is presented in Figures 1.3.2-2 through 1.3.2-5 for cone semi-vertex angles of

200, 309, 40° and 50°. Characteristics of the three bluntness ratios under consideration
are presented in each figure. Drag coefficient variations with altitude have been determined
on the basis of a rarefied gas Knudsen number analogy with viscous considerations in-
cluded for the more slender configurations. These altitude effects as referenced to the
Earth's atmosphere are presented in Figures 1. 3.2-6 through 1.3.2-9. The conversion

to the appropriate Martian atmosphere has been made on the basis of a densily ratio.

Hypersonic pressure distributions are presented in Figures 1.3. 2-10 through 1. 3. 2-13
for the matrix of sphere-cone configurations. The base of the vehicle is indicated for
each bluntness ratio in these figures.

For purposes of determining heat shield requirements, shock shapes for a typical vehicle
have been determined for a range of Mach numbers. See Figure 1.3.2-14,
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C. Point Mass Trajectories

(1) Matrix of Trajectories

A large number of point mass trajectories were examined to determine the effects of
entry velocity, path angle, W/CpA, and atmosphere. A preliminary matrix for Mars
consisted of the following combinations:

Vg's = 21 K ft/sec; 23 K ft/sec; 25 K ft/sec
%S = 20°, 30°, 60°, 90° (down from horizontal)
W/CA's = 20; 40; 60 Ibs/1t’
Atmosphere = Upper, Lower, and Mean
For Venus the initial matrix contained the following:
Ve's = 32 K ft/sec; 35 K ft/sec; 38 K ft/sec; 40 K ft/sec
Yo's = 15°, 30°, 90° (down from horizontal)
W/CDA's = 20, 40, 60 lbs/ft2
Atmosphere = Standard and Extreme

These matrices yielded design information for thermal protection, structures, retardation,
communications, etc. and showed trends which causedthe Vg, 7, and W/CpA parameters
to be expanded as the study developed. For example, velocities were extended down to
14,500 ft/sec (to simulate a de-orbit type entry) for Mars.

Trajectory parameters are presented in Figures 1.3.2-15 and 1. 3.2-16 for a typical
direct entry into the Mars Lower Atmosphere for entry conditions of:

Ve = 21,500 ft/sec he: 106 ft

Yo = 90° down from horizontal W/CDA =35 lbs/ft2

The figures show that there is: a slight increase in velocity initially, due to the planet's
gravitational force; negligible drag force at the higher altitudes. As the vehicle pene-
trates further the density increases rapidly and the resultant drag begins to decrease the
velocity. The axial deceleration, Ay, varies directly as the product of the density (in-
creasing) and the square of the velocity (decreasing). At some point, however, the velocity
begins to decrease more rapidly than the density increases causing a maximum decelera-
tion with subsequent decreasing deceleration. The stagnation point heating rate, Q, was
calculated for each trajectory as explained in Section 1. 3.3 (Entry Heat Protection).

Axial deceleration was explicitly calculated in the point mass trajectories by the expression
Ay =q CDA/ W.

Any differences in trajectories, for the same W/CDA, arising from different shapes were
insignificant.

One interesting result not encompassed by linear theory was a slight variation of the

magnitude of maximum g's with W/C_A. This is especially evident in Figures 1.3.2-17
to 1.3.2-19 at the higher entry angles.
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Linearization assumes a practically straight line trajectory and an exponential atmos-
phere, both of which are generally true for this study. It also assumes, however, a
drag coefficient which varies only with Mach number. In this study each trajectory uses
a drag coefficient which varies with altitude as well.

Figures 1.3.2-20 through 1. 3. 2-22 illustrate corresponding values of peak dynamic
pressure as a function of W/CDA and path angle for the three Martian atmospheres.

For Venus, the W/CpA effect on maximum g's is shown for a nominal velocity of 38, 000
fps. For the Venus Standard and Extreme atmospheres, see Figure 1.3.2-23. Like
the case of Mars, the effect is more pronounced for the steeper path angles.

Peak axial deceleration vs. path angle, with atmosphere as a parameter, is presented
for representative W/CpA's and velocities in Figures 1.3.2-24 through 1.3.2-28. From
these plots, it can be seen that peak axial deceleration increases with increasing entry
angle, is largest for the lower atmosphere, and decreases for higher W/CDA'S.

For a constant W/CDA of 20 psf, the path angle/velocity effect is shown in Figure 1.3.2-29
and 1. 3.2-30.

Some typical cross plots were made to obtain lines of constant peak g's vs. path angle
and entry velocity. (See Figures 1.3.2-31 through 1.3.2-35.) These results can be
used to determine a specific entry condition if it is desired to limit the peak deceleration
loads. The altitude of occurrence of peak deceleration is shown in Figures 1.3.2-36
through 1. 3. 2-40.

Trajectory parameters for entry with the Venus Standard atmosphere are presented in
Figures 1.3.2-41 and 1.3.2-42. For the Venus trajectory:

V_ = 38,000 ft/sec h = 10°#

e

1t

v
e

90° dfh W/CpA = 20 1bs,/t?

Peak axial deceleration for the Venus Standard and Extreme atmospheres is shown vs.
path angle, for an entry velocity of 32,000 fps and W/CpA's of 40 psf, in Figure 1.3.2-43.
Peak axial deceleration is shown for an entry velocity of 38,000 fps and W/CDA's of

20, 40, and 60 psf in Figures 1. 3.2-44 through 1.3.2-46. The altitudes at which maximum
axial load occurs for Vg = 32,000 fps and a W/CDA of 40 psf is shown in Figure 1.3.2-47,
Figures 1.3.2-48 through 1. 3.2-50 shows the corresponding altitudes for an entry velocity
of 38, 000 fps and W/CDA's of 20, 40 and 60 psf.

The Venus atmospheric model is sufficiently dense near the surface so that, even for

a direct entry, peak deceleration occurs at so high an altitude that terminal velocity is
almost reached at 250, 000 feet. Peak g's is approximately 325 Earth g's occurring at
315, 000 feet. Below 300, 000 feet the path angle rapidly approaches 90° down from hori-
zontal and impact velocity is approximately 62 ft/sec. Some atmospheric effects for
Venus can be noted by observing the velocity and altitude time histories presented in

Figures 1.3.2-51 through 1.3.2-57. These are based on an entry velocity of 38,000 ft/sec.

Some trends are:

that total flying time is longer for entry into the Standard Atmosphere for
comparable path angles and W/ CDA'S;

that the differences in flying time between atmospheres decrease as the
W/CDA's increase;

that both atmospheres cause the vehicle to approach terminal velocity at
relatively high altitudes.

The heating trends encountered during entry on both Mars and Venus are similar to
Earth's, namely:
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a) Qmax increases as path angle becomes steeper
b) Qmax. increases as W/CDA increases
c) Qmax occurs at lower altitudes as path angle increases
d) O occurs at lower altitudes as W/C_ A increases
max. D
D. Complete Aerodynamics Characteristics

Estimated aerodynamics for a typical Mars configuration are presented. The configura-
tion, Figure 1.3.2-58, is a sphere cone with a semi-vertex angle of 420 and bluntness
ratio of 0.24. The base diameter is 86" with the nominal center of gravity location at
32.1 inches from the nose.

The estimated variations of zero angle of attack drag coefficient with Mach number and
altitude are presented in Figures 1. 3.2-59 and 1. 3. 2-60, The variation with Mach
number, Figure 1.3.2-59, represents continuum flow or altitudes below 250, 000 feet
in the Martian lower atmospheric model. Altitude effects have been determined on the
basis of a rarefied gas Knudsen number analogy.

c, =2¢C

K

+ ——e
Deont K *+1 "Dyy Deont

where

A

D

A
0

K = Knudsen number
X = Mean Free Path
D = Max. Diameter
CONT = Continuum
FM = Free Molecule

Skin friction effects, within the continuum flow regime, appear relatively small for this
type configuration. Transition from continuum to free molecule flow occurs between
300, 000 and 500, 000 feet for the vehicle in the Martian lower atmospheric model. The
limiting value of free molecule flow has been calculated by a digital program. All
altitude effects have been referenced to Earth's atmosphere and converted to the Martian
lower model on the basis of a density ratio.

Variation of axial force coefficient with angle of attack for various Mach numbers is
shown in Figures 1.3.2-61 and 1.3.2-62. The hypersonic variation has been computed
by a digital program based on modified Newtonian theory. The axial force coefficient

at supersonic speeds has been assumed to vary with angle of attack similar to the hyper-
sonic case. Subsonic and transonic axial force coefficient have been assumed constant
for small (& < 200) angles of attack. Altitude effects on axial force coefficient as a
function of angle of attack are given in Figure 1.3.2-63. Rarefied gas effects were de-
termined as discussed in previous paragraphs.

Normal force coefficient as a function of angle of attack for various Mach numbers is
presented in Figure 1.3.2-64. Slope of the normal force coefficient for small angles

of attack is given in Figure 1.3.2-65. The hypersonic value of normal force coefficient
slope is based on modified Newtonian theory. The effect of altitude on the normal force
coefficient variation with angle of attack is shown in Figure 1. 3.2-66.
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Figure 1, 3, 2-67 presents the variation of pitching moment coefficient with angle of
attack for various Mach numbers in continuum flow about a nominal center of gravity
location of 0.3740 (32.1 inches from the nose). The slope of the pitching moment coef-
ficient for small angles of attack is given as a function of Mach number in Figure 1, 3, 2-68.
Altitude effects on pitch moment coefficient, as based on the previously discussed
Knudsen number analogy, is shown in Figure 1. 3.2-69 as a function of angle of attack.

In continuum flow, modified Newtonian theory predicts that th% vehicle will have a
positive pitching moment for angles of attack greater than 1107, resulting in a statically
stable condition for a backward orientation. Consideration of altitude effects, however,
indicates that this ""backward stability' will not occur under rarefied gas conditions.
Since the 6-degree of freedom trajectories of Section 1.3.2-C indicate that under certain
entry conditions the continuum flow regime can be reached prior to significant vehicle
pitch-over, it is recommended that entry angle of attack be restricted if possible.

Figure 1, 3, 2-70 shows that for small angles of attack the vehicle is statically stable
through out the Mach number range for the nominal center of gravity location.

An estimate of dynamic damping as a function of Mach number is presented in Figure
1.3.2-71, The estimate is based on consideration of damping data of a blunt body
(Mercury capsule) and a blunt-sphere-cone. Neutral damping at hypersonic speeds is
felt to be a conservative estimate while the value at supersonic speeds is relatively un~
important due to the proposed parachute deployment at Mach 2.5, which would stabilize
the vehicle below Mach 2.5. An estimate of dynamic damping of the vehicle at angle of
attack is given in Figure 1.3.2-72., The important trend illustrated in this figure is that
damping would occur at angle of attack.

E. Multiple Degree of Freedom

Point mass trajectory analysis assumed zero angle of attack; it yielded no information
about lateral loads. In order to describe the motion of and about the vehicle's center

of gravity and to determine some effects of system errors (say, guidance or separation)
a few Martian entry trajectories with six-degrees of freedom were examined. These
trajectories were based on a vehicle with W/CDA = 35 psf and with the aerodynamic
characteristics and shape described in Section 1. 3.2 and a nominal velocity of 21,500
ft/sec. The study was limited to a Martian Lower atmosphere which would yield the
worst aerodynamic decelerations. Initial conditions were:

v, = 21,500 ft/sec

pAL 20° and 90° (down from horizontal) @ he = 106 ft

5 = 90°
- 92.0 2
IX = -YUslugs ft
2
Iy = IZ = 106. 0 slugs ft
W = 1160 Earth lbs
DB = 7.16 ft Base Diameter (reference length)

e
[}

0, 40, and 80 rpm
Zero c.g. offset, products of inertia, pitch and yaw rates

Mars Lower Atmosphere
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Aerodynamic coefficients were used as a function of altitude and angle of attack as well
as Mach number and angle of attack.

Figures 1.3.2-73 and 1. 3.2-74 show significant parameters for a 90° entry with spin

rate of 80 rpm. The figures show that the total angle of attack envelope remains practically
constant until 330, 000 feet due to the constant path angle and high spin which causes the
vehicle to maintain a fixed orientation. As the aerodynamic forces increase they over-
come this gyroscopic effect and cause the angle of attack to slowly converge to approx-
imately 110 at 40, 000 feet. It should be noted that there is no lower envelope indicating
that the motion is circular, i.e., the vehicle center line cones around the velocity vector.
At the altitude of M = 2.5 (22,500 feet) angle of attack has converged to 12.29; this is not
excessive from a parachute deployment standpoint.

AN, (where Ay is the peak transverse loads) describes how the normal deceleration
measured at the vehicle c.g. decreases for a point forward of the c.g. and increases for
a point aft of the c.g. for a trajectory of this type. The transverse loads curve also has
no lower envelope thus implying that the vehicle experiences sustained lateral load rather
than pulsating lateral load.

The angle of attack referred to in the preceding paragraphs is the total angle of attack,

8, (always positive) which is defined as the angle between the vehicle center line and the
relative velocity vector; it is body fixed. The normal (sometimes called lateral or trans-
verse) loads refers to the resultant of the loads perpendicular to the vehicles center line.
That is:

6 = arc cos (VI/VT) (0° to 180°) for no winds
qC,;A
A, = N
N W

Figure 1,3.2-75 compares the total angle of attack envelopes vs. altitude for spin rates
of 80, 40, and 0 rpm, for entry into the Mars Lower atmosphere, and for path angle of
90°. In all cases, no atmospheric effect is felt above 400, 000 feet but, as the vehicle
descends, the angle of attack converges at a rate inversely proportional to the spin rate.
Indeed, for a zero spin rate the vehicle starts to turn around above 375, 000 feet and the
total angle of attack starts oscillating between an upper and lower bound indicating the
planarity of the motion. The 40 and 80 rpm cases indicate circular motion.

Figure 1.3.2-76 compares angle of attack altitude histories for a path angle of 20 and the
same spin rate édffect is observed. The initial increase in angle of attack for all cases

is due to the change in path angle and inertial central angle while the vehicle is above the
sensible atmosphere. This kinematic change allows the angle of attack to increase to
between 92° and 93° before aerodynamic forces can overcome the tendency of the vehicle
to remain inertially fixed in space for 40 and 80 rpm spin rates. As the restoring moment
increases during descent the total angle of attack converges, as it did in the 90~ path
angle case.

The attitude of the vehicle at various critical points on the trajectory is a function of the
entry conditions. Too large an angle of attack at lower altitudes could affect the per-
formance of delicate instruments. The magnitude of angle of attack at a fewokey regions
for an entry into Mars lower atmosphere with an initial angle of attack of 90~ appear in
the following table.
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TOTAL ANGLE OF ATTACK AT KEY EVENTS

Y%= 90° dfh o= 20° dfh
EVENT p=80rpm | p=40rpm| p=0rpm | p=80rpm| p =40 rpm| p = 0 rpm
Q 23° 16° 0-10.1° 38.7° 24, 6° 0-8.5°
max
Ay 16° 12° 0-8.3° 29.7° 21.0° 0-7.7°
max o] 0 (0] (0]
Ay 14.2 11.2 0-8.3° 22.2 15. 0° 0-7.3
max 0 (o] (o] O 0 (o]
M=25 12.2 10. 6 0-12 13.7 11.5 0-10.3

Maximum normal loads which vary directly with entry angle of attack and path angle are
tal%ulated in the following table. Since this study was limited to one angle of attack of

90~ the maximum normal loads vary with spin rate which affects the convergence of angle
of attack.

Also peak axial deceleration varies inversely as entry angle of attack and directly as the
path angle. The axial deceleration due to pitch Ay, varies as the sum of the squares of
the pitch and yaw rates. The transverse rates do not have maximum amplitude at the
altitude of occurrence of peak g's but are included below to show order of magnitude and
trends. Units of Axp are Earth g's/ft causing a decrease in Ay for points forward of the
c.g. and an Increase for points aft of thec. g.

MAXIMUM LOADS

%= 90° dfh Ye= 20° dfh
LOADS p=80rpm |p=40rpm | p=0rpm | p=80rpm|p=40rpm|p =0 rpm
Max A_ 95 96.2 99. 2 14.1 14.1 14.7
Ay at Max A_ 3.5 2.4 1.5 1.0 .6 .2
MaI:( Ay 28.7 23, 17.3 7.1 4.8 2.3
Max A 14.5 12.17 10. 2 2.7 2.3 1.3
p

In general, the altitude of occurrence of peak axial deceleration, Mach 2.5, etc. agreed
with those altitudes calculated on a corresponding point mass trajectory with the same
velocity, path angle, and W/CDA.

Figure 1,3,2-77 displays the total angle of attack envelope resulting from the same initial
conditions of 21,500 ft/sec; ¥ = 900, p = 40 rpm but includes a mass asymmetry and c. g.
offset. A c.g. offset of 0.1 inches and a product of inertia (Ix ) equal to 1% of the pitch
moment of inertia was deemed reasonable. It is seen that at the higher altitudes the upper
and lower envelope are wider apart than at the lower altitudes indicating that the change in
angie of attack is due to precessional-type motion uninhibited by aerodynamic forces. As
the vehicle penetrates more deeply the difference between upper and iower enveiope de-
creases.

The parameter Axp, axial deceleration due to pitch, does not appear to present a problem
for the trajectories investigated for this report, Maximum Axp occurs at altitudes above
any critical g-sensing altitude and Axp decreases as the M = 2.5 altitude is approached.
An altitude history comparison for a symmetric and asymmetric vehicle appears in Figure
1.3.2-78 where it is seen that the vehicle with a c.g. offset and product of inertia gives
higher Axp
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The pitching frequency (f) as a function of altitude is shown in Figure 1.3.2-79 for a

typical trajectory and is seen to reach a maximum of 7. 8 cycles per second in the neighbor-
hood of max A, 80,000 feet. At 20,000 feet the frequency has decreased to 2 cps. Also
shown is the upper envelope of pitch rate (q), which exceeds 535 /sec in absolute value

in the neighborhood of 100, 000 feet. Because of roll rate the same type plot would repre=-
sent yaw rate. It should be noted that these rates result from a trajectory which assumes
no initial transverse rates.

F. Capture Analysis (Method and Parametric Results)

Theoretically, to trap a ballistic interplanetary vehicle in the planetary gravitational
field, the vehicle must experience enough atmospheric braking to remove the hyperbolic
excess velocity. In order to accomplish this braking, the vehicle must enter the planetary
atmosphere at an entry path angle greater than the capture path angle. This "capture
angle' is defined as the path angle at entry above which the trajectory would have a
monotonic decreasing altitude history.

As the altitude, velocity and W/CpA increase, and the atmospheric density decreases, a
vehicle would tend to escape or skip. A matrix of high altitude trajectories were calculated
starting at 1, 000, 000 feet with variable velocities, W/CDA's, and atmospheres. The
trends of these results appear in Figures 1. 3. 2-80 through 1.3.2-82. The effect of
W/CDA on capture for Venus is smaller than that for Mars since the more rapidly in-
creasing atmosphere during descent causes a rapid drag build up. The smallest capture
angle for Mars for this study is approximately 157, occurring for the Mars Upper atmos-
phere, W/CDA = 20 psf, and V = 21, 000 ft/sec; the largest was approximately 19. 5°
occurring for the Mars Lower atmosphere »’V/CDA 60 psf, and V = 25, 000 ft/sec

Since there are many uncertainties in the planetary atmospheres it is considered unwise
to design a vehicle to enter too near capture, since at this point the total integrated heat-
ing is prohibitively large and since a guidance error could result in an "undershoot"
causing the vehicle to escape.

Significant trajectory parameters for a minimum capture trajectory appear in Figures
1.3.2-83 and 1.3.2-84. It is readily apparent that the descent rate is very small be-
tween 50 and 300 seconds. The heating rate (Q) while not having a particularly large
maximum value does have a long duration resulting in very high integrated aerodynamic
heating. The double peaks in dynamic pressure (q), and axial deceleration (A ), is
caused by the different rates of increasing density and decreasing velocity in this region.

It should be recalled that the capture angle values given are based on the assumption of
zero angle of attack. Should the vehicle enter with an angle of attack the effective drag
coefficient would increase, the integrated W/C A decrease, and the tendency to escape
would decrease.

G. Modulated Drag

The reduction in peak load during entry to Mars and Venus by drag modulation was in-
vestigated. Both single stage drag change and perfect drag modulation were studied. It
should be noted that this study was made using the Mars A and C atmospheres and the
Venus Extreme I atmosphere. The trends that resulted apply equally as well to the "'new"
atmospheres used in this report.

Perfect modulation involves using the maximum drag coefficient (Cp) until a desired level
of deceleration is obtained then changing Cp to maintain this desired level until peak
dynamic pressure (qmax) is reached. After qmax the Cp can be kept at the minimum
level obtained at qmax or allowed to increase to maintain the constant deceleration up to
the point where the maximum Cp is again being used.
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The maximum deceleration obtained using a single drag change depends on the altitude

at which Cp is staged. If Cp is staged at too high an altitude the second peak in decelera-
tion exceeds the first. For staging at too low an altitude the first exceed the second.
Therefore, there is an optimum altitude for staging.

The maximum load versus the change in Cp) for a v, = 90° entry to Mars for both perfect
and one step drag modulation at the optimum altitude is shown in Figure 1.3.2-85. A

30% decrease in deceleration can be obtained with a perfect modulated Cpy change of 2.

For a single step change in drag at the optimum altitude only a 20% reduction was obtained.
Similar results were obtained for Venus for the Extreme I atmosphere.

The reduced load ratio versus the ratio of maximum to minimum Cpy is shown in Figure
1.3.2-86. This figure contains both Venus and Mars calculated points which show good
agreement. The single drag stage curve is for Venus 900 entries with the Extreme I
atmosphere.

Drag modulation has one distinct advantage over lift for the reduction of entry loads: it
is effective at all entry path angles as long as capture is not a problem. Lift is effective
only for the shallow entry angles.

H. Lifting Entry

A parametric study was performed for determining the effects of lift on maximum resultant
load (AR) reduction during entries to Venus and Mars. Entries were calculated for lift

to drag ratios (L/D) of 0, .3, .6, and .9 for entry path angles (ve) from near capture to
vertical. The effects of entry velocity (Ve) and atmospheric uncertainties on AR were
determined for both planets. The study was carried out using the Venus Best and Extreme
I atmospheres and the Mars A and C atmospheres.

The effect of W/CpA (from 30 to 90 lb/ft2 for Venus and 20 Eo 60 lb/ft2 for Mars) on AR
were found to be small. For this study a W/CDA of 60 1b/ft® for Venus and 40 lb/ft2
for Mars were used.

(1) Venus Entries

The maximum resultant load (AR) versus entry path angle (¥e ) is shown in Figures 1. 3.2-87

and 1. 3. 2-88 for the Extreme I atmosphere and various L/D with entry conditions of

he = 600,000 feet, Vo = 40,000 ft/sec. Lift is effective in reducing AR only for 7g less
than about 50 degrees as shown in Figure 1, 3.2-87. Similar results were found for the
Best model atmosphere.

The capture angle is between 7.5 and 8 degrees for W/CDA of 30 to 90 lb/ft2 with hg =
600, 000 ft and V¢ = 40,000 ft/sec. For L/D =.3 and greater, entry capture exceeds
50 degrees. Entries with constant L/D are, therefore, impractical and some control
over L/D must be used in order to realize any advantages.

A reduction of AR of about 50% can be recognized for the lower entry angles as shown in
Figure 1.3.2-88. By using negative lift a capture angle of about 0.5 degrees less than
the ballistic can be obtained. Reduced heating and landing site selection are other ad-
vantages of lifting vehicles. To obtain these advantages lift must be controlled in some
manner. Lift modulation control methods are beyond the scope of this initial study, but
possible contrel systems would include a puil-out to ballistic flight after passing peak g
or a constant g descent beyond peak g.

The altitude of maximum resultant loads vs. path angle is shown in Figure 1.3.2-89

for various L/D. In each of these cases subsonic flight exists below 220, 000 feet giving
very long flight times. For the ¥, = 8" ballistic case the flight time from peak g to
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impact was about 2450 seconds as shown in Figures 1.3.2-90. Time histories of the

entry parameters for the ye = 8% ballistic case are shown in Figures 1.3.2-90 and 1. 3.2-91.

The effect of Ve and atmosphere are shown in Figures 1.3.2-92 and 1. 3.2-93. The large
effect of the uncertainty in atmospheric properties are demonstrated by the 50% increase
in A for 7, = 89 case using the Extreme I atmosphere rather than the Best.

(2) Mars Entries

The effect of L/D in reducing AR is shown in Figure 1.3.2-94 for h, = 800, 000 feet and
Ve = 25, 000 ft/sec. As noted for Venus, lift is effective in reducing AR only for the
shallower entries. The atmosphere A used in this figure is not the most critical atmos-
phere for loading as demonstrated in Figure 1.3.2-95. The atmosphere C gives about
70% higher loads than A.

The altitude at maximum resultant loads for atmosphere A is shown in Figure 1.3.2-96.
A similar plot for atmosphere C would show altitudes about 30% lower. The effect of
entry velocity on AR is shown in Figure 1.3.2-97.

The major part of the load reduction due to lift can be recognized with L/D = 0.5 (see
Figures 1.3.2-97 and 1.3.2-92). Such an L/D could be obtained from blunt cones using
a c.g. offset.

The capture angle for the Mars A atmosphere is between 14 and 15 degrees and for the
Mars C between 15 and 16 degrees for ballistic flights. With lift, escape occurs at

~ 40 degrees and is dependent on L/D and W/CDA. As in Venus a control system is
required in order to utilize lift.

Time histories of the entry parameters for a Mars A ballistic entry are given in Figures
1.3.2-98 and 1.3.2-99. For this trajectory the vehicle goes subsonic at about 50, 000
feet. For a y, = 90 degrees with the Mars A atmosphere the vehicle goes subsonic near
20, 000 feet and with the Mars C atmosphere near 40, 000 feet.

I Orbiter Braking

A study was made to determine the feasibility of atmospheric braking of a Venus Orbiter.
Figure 1.3.2-100 shows the velocity change that may be obtained by a single skip of the
Orbiter vehicle through the Venus Extreme I atmosphere. Although this velocity decre-
ment is primarily dependent on the depth of penetration into the atmosphere, this figure
shows it versus entry path angle since this is a more easily controlled variable. The
curve for a W/CDA of 150 psf represents the Orbiter with the entry Lander attached

and that of 10 psf is for the Orbiter alone. It appears that atmospheric braking for the
Orbiter is unfeasible for two reasons:

(1) The sensitivity of entry angle (as determined by Figure 1.3.2-100).

(2) The uncertainty of Venusian atmospheric characteristics.
J. Spin Requirements

The succcssful flight of the lander vehicle requires the iransier of the vehicle from a
hyperbolic orbit to an elliptical orbit which intersects the planet. This transfer may be
achieved by the addition of an incremental velocity to the lander at a predescribed posi-
tion along the hyperbolic orbit. While the orbiter control system can align the lander
vehicle initially to the proper orientation for velocity addition, during and following separa-
tion the vehicle may be subjected to unwanted torques which destroy this orientation, with
the result that the desired velocity and direction are not attained.
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The motion of the vehicle may be contained by spinning the vehicle about its longitudinal,
or thrusting, axis. The gyroscopic forces associated with spin prevent the vehicle from
tumbling and thereby permit the attainment, within limits, of the desired velocity vector.

The system producing separation of the lander from the orbiter is presently envisioned
as a pair of cold gas jets which provide sufficient thrust to produce a separation velocity
of 1 foot/sec. During this sequence, misalignments of the jet nozzle and vehicle mass
asymmetries could produce a moment which could cause a misorientation of the vehicle.
A preliminary study indicated that an angular rate of no more than 1/8 deg/sec and an
attitude error of no more than 0.1 degree would occur in the presence of a c.g. offset
of 0.1 inch. These values have been doubled and used as design criteria for the phases
following separation in order to obtain a conservative result. It appears that separation
rates of this magnitude produce no appreciable effect on the spin-up phase and are,
therefore, of no great concern. In order to insure a safe clearance between the orbiter
and the lander before spin-up occurs, the lander will coast at the velocity of separation
for a period of 4 seconds during which time it has travelled approximately 4 feet from
the orbiter. An angular rate of 1/8 deg/sec could therefore cause a misalignment of
the thrust axis of 1/2 degree. This misalighment must be considered as a bias of the
final velocity vector attained during retro.

(1) Spin-Up

The spin-up phase of the Mars landers' mission should provide a sufficient rotational
velocity such that the vehicle will maintain a constant inertial position in space. Thus,
the velocity increment to be added during the retro phase will produce the proper total
velocity vector for a successful entry trajectory.

It becomes apparent that residual rotational rates accruing from the separation phase

as well as mass asymmetries (products of inertia) may have deleterious effects upon
both the orientation and dynamic motion of the vehicle during the spin-up procedure.
Through the use of a six-degree-of-freedom computer program, vehicle dynamic motion
was analyzed for three spin-up rates; 40, 60, and 80 rpm. Since the separation system
is to be designed to impart no more than 0. 25 deg/sec pitch or yaw rate, this value was
used for those runs with non-zero initial-rate conditions. The torque application time,
limited to a maximum of 30 seconds, was varied from 20 to 30 seconds with a corres-
ponding variation in torque level thus maintaining a constant total torque impulse for each
case. The product of inertia (I,,) was assumed to be 1 1/2% to 3% of the rotational
inertia (I;) which are somewhat larger values than normal production tolerances on mass
distribution would engender. Accordingly, therefore, the precessional characteristics
shown in Figure 1.3.2-101 are slightly more severe than those that would result from

a more conventional high W/CDA vehicle.

The effect of both spin-rate and torque application time may be seen in Figure 1. 3.2-102.
The diagram represents the steady-state coning angle in inertial space of the vehicle's
longitudinal axis expressed in terms of the Euler angles °, and ¥, for the three spin-up
rates investigated. This diagram represents a view of the angular deviation of the
vehicle's longitudinal axis as seen by an inertial observer. It also shows the steady
precession cone angle experienced by the vehicle along with a typical transient response
(for one case) during the spin-up period.

Each of the nine cases shown initially possessed residual pitch and yaw rates resulting
from the separation phase. The trace of ¢ vs. 8§ during the torqueing interval is shown
for one of the 60 rpm cases and is typical for all. The magnitude of the ordinate and
abscissa for the various spin-rates indicates that for a constant torque application time
the coning angle becomes smaller with increasing rpm. This is a direct result of the
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gyroscopic action of spin. A slightly different representation of these effects is shown
in Figure 1.3.2-103. The steady-state conditions following spin-up are depicted therein.
For the same steady-state spin-rate the magnitude of the offset angle becomes smaller
with decreasing torque application time since the vehicle is captured more rapidly by
gyroscopic action. This offset angle represents the initial misalignment of the retro
phase thrust vector with the desired orientation.

For those cases where products of inertia were considered, the resulting motion indicated
as a torus, (see Figure 1.3.2-101) is essentially unaffected by initial pitch or yaw rates
since the effect of product of inertia completely masks the contribution of the extremely
small body rates. While Figure 1.3.2-101 represents vehicle motion in the absence of
initial lateral rates the effect of introducing such rates would merely shift the center of
each torus a fraction of a degree from its presently shown origin.

The effects of products of inertia cause the type of motion to change considerably from
that caused by initial angular rates, and the vehicle now moves in all four quadrants

in space. Since the lander must be at a distance of approximately 1000 feet before the

AV rockets are fired in order to reduce the effect of rocket jet impingement on the orbiter,
the lander will coast for a period of approximately 15 minutes. The vehicle motion
during this period will be contained by gyroscopic action to the angular deviations shown
in Figure 1.3.2-101. Since one cannot tell exactly where the vehicle axis is at the time
of rocket firing, the AV firing was assumed to take place at a position of maximum
angular deviation along with the corresponding angular rates. In this manner, the

angular deviation of the resultant velocity caused by rocket thrust is maximized, and a
conservative estimate obtained. It is also apparent that with this type of motion, the
thrusting time should be chosen as an integral multiple of frequency, which will permit

a nullification of the acceleration components along axes normal to the vehicle longitudinal
axis.

(2) AV Rocket Firing

Utilizing the resulting vehicle precessional characteristics from the spin-up phase, the
AV portion of the landers' mission was analyzed. Clearly, the most important criterion
for measuring system performance is the retro velocity vector deviation angle, A 8.
Minimizing the deviation depends upon selecting that spin rate, spin-up time, and thrust-
ing time which will minimize the adverse effects caused by residual pitch and yaw rates,
products of inertia, and c.g. offset.

The employment of a cold gas propulsion system for spin-up will permit an accurate
alignment of the roll torque jets and will thus preclude any additional precessional
perturbations due to roll torque offset.

In the absence of angular and thrust-offset errors, a total impulse of 18,000 lb/sec will
produce an incremental velocity of 400 ft/sec on a 1450 pound vehicle. As previously
mentioned, the thrusting time chosen should be an integral multiple of vehicle frequency
in order to permit a nullification of the acceleration components along axes normal to
the vehicle's rotational axis. For the 1450 pound vehicle under consideration, frequency
calculations indicated that a retro thrusting time of 17.2 seconds would be required.
Actually, a number of retro thrusting times, each providing the same total impulse of
18,000 1b/sec were analyzed. Figure 1.3.2-104 represents the effect of thrusting time
(THv) upon AB for the three spin-up rates investigated. Figures 1,3,2-105 and 1,23, 2-106
show the relationship between 4B and spin-up rate for the recommended thrusting time.
Although 60 or 80 rpm would seem to be the preferred spin-rate for the case where no
mass asymmetries are present (Figure 1.3.2-105), an inspection of Figures 1.3.2-104
and 1. 3. 2-106 shows that in the presence of products of inertia a spin rate of 40 rpm
should be chosen. It should be noted that the choice of the lowest rpm would provide the
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benefits of lower lateral loads and a lower angle of attack of planetary entry. In view of
the fact that products of inertia are never quite eliminated in manufacture it is clearly
evident that their magnitude must be reduced to the lowest possible value in order to
ensure satisfactory system performance. The seriously degrading effect of products

of inertia upon & B can be seen in Figure 1.3.2-106. Although a spin-up torque application
time (Ty) of 20 seconds appears to be better for the case when Iy, = 0 (Figure 1.3.2-105),
the severity of the effect of products of inertia upon & 8 (Figure 1.3.2-106) indicate that
a torque application time of 30 seconds is necessary. It can be seen that when, in the
presence of mass asymmetries, the vehicle is brought to final rpm in a shorter time
duration, the ensuing A V sequence terminates with larger errors in A 8. This effect

is due to the propagation of larger lateral rates (at the end of spin-up) as the torque
application time is decreased. Thus a small benefit is achieved in A 8 by the choice of

a 30 second torque application time.

It should be noted that the results shown include the effects of c.g. offset and are there-
fore slightly conservative. Also, as in the spin-up phase, the effects of residual pitch
or yaw rates were found to be of extremely minor significance. It must be concluded
that to minimize A B or direction errors of the time of retro firing the most important
single requirement is the balance of the vehicle to minimize products of inertia. Small
errors introduced in separation are negligible compared to the effects of products of
inertia.

K. Recommendations, Problem Areas, Study Areas, Development Programs, Etc.

Having arrived at a reasonable configuration and weight to satisfy design requirements
through the use of point mass trajectories the logical extension is to investigate certain
critical areas based on multiple degree of freedom trajectories. When system tolerances
(e.g. guidance, separation, spin-up, weight and balance, etc.) are factored in, the
likelihood of entering a planet with zero angle of attack and zero transverse rates is very
small. The small matrix of six-degree of freedom trajectories included in this study
only show trends for a few special cases. It is suggested, therefore, that future analyses
include several partial trajectories, with selected initial conditions, which would yield
"representatively bad" effects (not worst case) on individual items. There could be 3-
sigma type trajectories for heating, normal loads, retardation-chute deployment, etc.
calculated only down to the region of interest.

The aerodynamic reported in Section 1.3. 2-B indicate that with large entry angles of

attack the vehicle could become stable backwards. This could occur under several
conditions of entry path angle, entry angle of attack, and spin rate and should be investigated
to establish safeguards. Tolerances on aerodynamics, like pitching moment coefficient

and dynamic damping coefficient which affect vehicular oscillatory motion after entry,

should be studied. Similarly, the starting altitude (assuming a specific set of initial
conditions) can have an effect on loads and angle of attack history. This tolerance on
altitude can be compensated for by varying the initial conditions provided the vehicle is

out of the sensible atmosphere and this of course varies with each model atmosphere.
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1.3.3 ENTRY HEAT PROTECTION

A. Introduction

To effectively determine and present the results of the heat shield analysis for Mars and
Venus it was necessary to:

. Define the thermal environment during entry, as characterized by convection,
radiation, and ionization.

. Determine generalized shield requirements for a configuration selection
study.

o Indicate areas requiring further study and development,

Consideration of the thermal environment encountered during entry in the atmosphere of
Mars or Venus was essential for selection of suitable ablation materials, and the
determination of ablation and insulation thicknesses for heat shield design. Instantaneous
heating rates, and time-integrated heating, provided the basis for material selection and
thickness requirements. The significant variables contributing to the determination of
heat fluxes were 1) trajectory conditions, 2) atmospheric models and, 3) contribution of
the various modes of heat transfer (convection, radiation, and ionization).

Utilizing ablation material properties based on past performance, and the current
analytical technique (REKAP Analysis), it was possible to generalize the heat shield
requirements, based on the time-integrated heating during several entry trajectories for
Mars and Venus. Although the predicted heating rates were for a single vehicle configura-
tion, generalization of the shield thickness requirements was accomplished by the
application of laminar and turbulent heating distributions, with corrections for wetted
length, and radiation. Shield thickness generalizations are presented in the form of shield
thicknesses parametized with respect to nose radius for the stagnation point and the

maximum turbulent point (Mars only), for the complete range of entry conditions. In
addition, ablation shield requirements have been determined for the following matrix of

vehicle configurations which were factored into the configuration selection study.

8o = 20°, 30°, and 40°

Ry/Rp = 0.24, 0.60, and 0. 90

D, = 3.5, 8.0, and 10.5 feet

B

Areas requiring further analysis and development have been considered throughout this
study. Attention has been given to analytical techniques, simulation of the planetary entry
environment, and ablation material performance in the planetary entry environment.

B. Aerodynamic Heat Transfer (Techniques)

(1) Ablation Design Program

To determine the instantaneous convective heating rates for a vehicle entering the
atmosphere of Mars or Venus, calculations were performed using the Ablation Design
Program (Reference 1). The Ablation Design Program was initially developed by the
Missile and Space Division for the calculation of convective and radiative heating around a

blunt body during Earth re-entry.

The program uses both laminar and turbulent heat transfer equations, depending upon a
trip Reynolds Number assigned by the user. For local values in excess of the trip
Reynolds Number (150, 000 for the current study), the program uses turbulent relation-

List of symbols used in this Section are on Page 1-155.
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ships. A Lee's type equation, with properties evaluated at Eckert's reference enthalpy
state, is used to calculate stagnation point convective heating. This equation is

~ .18 v, o 11/2
% = S0o6eT (pgre ug)" ™ (hg = h)

Quantities with asterisk superscripts are evaluated at the stagnation pressure; and
reference enthalpy, defined as:

* = -
h 0.5hw+(0.5 .22r)he+0.22rhO

For body angles greater than thirty degrees, off stagnation laminar heating is calculated
by a Lee's hemispherical distribution using a Prandtl-Meyer pressure distribution.
Laminar heating, for body angles less than thirty degrees, is calculated using a
compressible reference enthalpy Lee's equation. This equation is

. p¥ w* u_y
_ .39 Pe re Ue¥y
Q. = (hr-hw)

r 0.667 * % 1/2
Pr <f§ Pe He U Y9 ds)

When the Reynolds Number for an off stagnation point exceeds the specified trip value, a
turbulent relationship is used to calculate the local convective heat flux. The relationship
which is used, is the G. E. axisymmetric compressible turbulent heat transfer equation,
given as:

0.2 0.05 , ,.0.2 0.25 , ,.0.8
T = Pr0. 667 (fs p u 1.25 d5)0.2 r w
6] pe e e y

Although the basic heat transfer relationships remained unchanged for the prediction of
heating during Martian and Venusian entry, appropriate constants and equations were
changed. In accordance with the physical characteristics, and the predicted atmospheres
of Venus and Mars, the equations for geopotential altitude, free stream density, and the
velocity of sound have been changed. The change in geopotential altitude accounts for the
radius of each planet. Changes inthe velocity of sound, and free stream density equations
include the gas constant as calculated for each gaseous mixture (Mars . 868N,, .072 COZ’
and . 06A; Venus .09 COZ’ .90N,, and .0l1A and . 25 CO,, .74N,, and .01A) 3t ambient
conditions, and an average isenfropic exponent for each‘mixturé. Air thermodynamic
properties, in the form of curve fits to the Cornell Tables, were retained in the program.

Utilizing the modified version of the Ablation Design Program for a Venus 25% COgq at-
mosphere; calculations were made and compared with previous results obtained by S. Scala
(Reference 4) and by detailed hand calculations using N9 - CO9 properties. The purpose

of these comparisons was to determine the suitability, without further modifications, of

the Ablation Design Program for Mars and Venus entry heating calculations. Although
local pressure (Figure 1.3.3-1) remained unaffected by the use of air properties, temp-
erature (Figure 1.3.3-2) and density (Figure 1.3.3-3) were affected. During the significant
heating period, the Ablation Design Program calculated temperatures which were too high,
and densities lower than for comparable Ng - COq conditions. Comparisons for static
pressure (Figure 1.3.3-4) and density (Figure 1.3.3-5) behind a normal shock wave
indicated that the normal shock relationships, as programmed for air, were adequate for

N, - CO, mixtures. Figures 1,3.3-3 and 1,3, 3-5 indicate that the two methods of calcula-
tion (using exact N9 - CO5 thermodynamic properties, and using air thermodynamic
properties) give very good density comparisons; with density values not differing by more
than 10%. Comparisons between Scala's results (without ionization effects) and the Abla-
tion Design Program (Figure 1.3.3-7), as well as between hand calculations and the
Ablation Design Program (Figure 1.3. 3-8) indicates that the Ablation Design Program
comes within 25% of the corresponding value of convective heating for an N, - CO9 mixture.
Considering accuracy of this order adequate for preliminary design purposes, no further
alterations were made in the program for calculations of convective heating.
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In addition to comparisons with Scala's theoretical results and manual calculations using
N, - CO, thermodynamic properties, additional comparisons were made with the
e;ﬁaerim ntal shock tube data obtained by Gruszczynski and Warren (Reference 6),

Convective heating rates were obtained from several Venus trajectories, normalized with
respect to nose radius and stagnation pressure, and plotted with the available experimental
data as a function of driving enthalpy (h_ -~ h_). These results were compared to Scala's
theoretical predictions of convective hegting%vith and without ionization (Reference 7).

The comparison (Figure 1.3.9-9) indicated that 1) ionization need not be considered to
obtain adequate convective heating predictions, and 2) a further substantiation of the
previous comparison with Scala non-ionized results. It should be noted that the referenced
work of Gruszczynski and Warren (Reference 6), indicated no observation of an ionization

contribution to recent tests, and that therefore, for engineering, design purposes ionization
is negligible.

(2) Trajectory Heating Parameter

Due to the necessity of considering a number of atmospheric models for Mars, it was
found useful to resort to a heating parameter available in the Flight Mechanics' Round
Earth Point Mass Program (the program used to calculate the trajectories for Venus and
Mars). The heating parameter used is an approximate laminar stagnation point heat
transfer equation, derived by G. Walker in Reference & The equation as obtained by
Walker is:

- 0.5 3
Qp = L% %
Where 0.25 0.25 0.5

. . Lerx10™® (7= ¥+ 1 U ) (g )05
L T T, 0.667 7 71 a Ry

It may be noted that Walker's heating parameter is similar to the more generalform
obtained by Scala in Reference 10. Scala's equation is:

0.5 3 -0.5

L=pr u, Ry

Q

where C is a function of the molecular weight of the ambient gas given as:

C = (9.18 + 0.663 )xlo'10

Using the gaseous mixture previously quoted for Mars, an average molecular weight of
29. 88 is obtained resulting ina C of 2.90x 1079, In Reference 9, Walker evaluated fy
for constant values of 5 = 1.4, 5 = 1.2, Pr=0.72, and T = 500°R to be
3.16 x 10-9 (Ry) ~9-5, and is used as such in the Round Earth Point Mass Program.
With the evaluated constants the two equations are:

“9 p@O. 5 ug

Walker—QL- RN0'5 = 3.16 x 10

-9 0.5 3

Scala - Q ~&,0'5 2.90x 1077 po" " ul
L N

It is readily apparent from the two equations that convective heat rates based on Walker's
equation could not exceed values for the Martian mixture by more than 11%. Therefore it
was considered appropriate to utilize the heating parameter available in the Round Earth
Point Mass Program, for determination of the effects of entry velocity and model

atmospheres. The heating parameter was used only for Mars where radiant heating is
insignificant (Figure 1.3.3-10).
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(3) Aerodynamic Heat Transfer (Results)

Utilizing the Ablation Design Program, the heating to a 30 degree sphere-cone, with a
bluntness ratio of 0. 60 and a base diameter of 3.5 feet, was calculated for both Martian
and Venusian entry. Since a surface temperature of 560°R, and a surface emissivity of

zero were assumed for the ablation shield, heat fluxes calculated were cold wall values
with no re-radiation. The calculations were made for a trajectory matrix as follows:

Mars -
v, = 20, 30, 60 and 90°
W/CDA = 20, 40, and 50 psf
V, = 23,000f.p.s.

Atmospheric Model - Mean Limit Atmosphere
Venus -

7, = 15, 30, and 90°

W/CDA = 20, 40, and 60 psf

\%
e

Atmospheric Model - Standard Atmosphere/25% Co,

38,000 f.p.s.

¥, = 15, 30 and 90°
W/CDA= 40 psf, and V= 38,000 f.p.s.

In addition, the heating parameter previously discussed was evaluated for the complete
matrix of Martian trajectories, including the three atmospheric models (Upper, Mean,
and Lower Limit atmosphere). Although only stagnation heating will be discussed here,
Figures 1.3.3-11 through 1. 3. 3-34 represent results from the Ablation Design Program,
including heating to a point on the sphere, and the mid-point of the cone. Sharp breaks
in the curves indicate transition to turbulent heating. Radiant heating is shown on the
same curves, but will be discussed separately (for Venus only).

(4) Entry Angle Effects

As could reasonably be expected, similar entry angle effects were observed for Mars and
Venus, as for Earth re-entry. Choosing a ballistic parameter of 40 psf as representative
for both Mars and Venus, the magnitude of entry angle effects may be seen. A 20° entry
into the Martian Mean Atmosphere on the Venus Standard atmosphere results in heating
as follows:

Mars Venus
Mean Atmosphere Standard Atmosphere
Entry Angle “Ye 20 90 15 90
Heating Time - Sec, 150 25 55 10
Peak Heating Rate (Q) BUT/Ft. Sec.| 180 460 1190 2750
i Integrated Heating Q BTU/ Ft. 2 9000 4200 21000 10, 200
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(5) Ballistic Parameter Effects.

As in the case of entry angle effects, Mars and Venus show effects on convective heating
when the ballistic parameter is varied, as previously encountered during Earth re-entry.

Choosing an entry angle of 300 as typlcal the effects of variation in the ballistic
parameter may be seen.

Mars Venus
Mean Atmosphere Standard Atmosphere
Ballistic Coefficient W/ CDA Peak Integrated Peak Integrated
Heating Heating Heating Heating

20 200 4100 1320 8800
60 354 7650 2350 15,900
Ballistic Coefficient - W/C pA 20 60 20 60
Heating Time - Sec. 60 65 60 23
Peak Heating Rate (Q) BTU/Ft c. 200 354 1320 2350
Integrated Heating Q (BTU/Ft. 2 4100 7650 8800 15,900

(6) Entry Velocity Effects

Although all computations for Mars using the Ablation Design Program were made for an
entry velocity of 23,000 £f. p. s. the effects of a variation in entry velocity were evaluated.
Using the heating parameter previously mentioned, heating has been evaluated for a
vehicle having a one foot nose radlus, and a W/C A of 40, and entering the Lower Limit
Model Atmosphere of Mars at a 90° entry angle, Stagnatlon heat pulses for entry
velocities of 25, 000, 23,000, 21, 000, 19,000, 17,000, and 14,500 f.p.s. are presented
in Figure 1. 3. 3-35. The integraied heating has been determined and normalized with
respect to the heating value at a nominal velocity of 23,000 f.p.s. The theoretical basis
for such a normalization procedure is discussed by Brunner in Reference 11. Figure

1. 3. 3-36 demonstrates the effects of entry velocity on heating and serves as a basis for
modifying shield ablation requirements as a result of changes in desired entry velocity.
Although no similar results are available for Venus, heating during entry will increase
even more rapidly for Venus with increases in velocity, than it does for Mars.

) Atmospheric Effects

Because of the undetermined nature of the Martian Model Atmosphere, two approaches

to the problem of variations in heating due to different model atmospheres were required.
A specific approach, accounting for variations in heating due to the three atmospheric
models, was required for possikle effects on shield design requirements. Since all the
results from the Ablation Design Program for Mars were based on the Mean Limit Model,
it was necessary to be able to convert results to the Upper Limit Model or Lower

Limit Model. This was done through the utilization of the heating parameters for the
three Martian atmospheric models. The integrated values of stagnation heating which
had been plotted, for the three atmospheres, as a function of entry angle and ballistic
parameter (Figures 1. 3.3-37 through 1. 3. 3-39) were divided by corresponding values

for the Mean Limit Model. The resulting values were plotted as a function of entry

angle for the extremes of ballistic parameter (Figure 1. 3. 3-42) to give a set of curves
for determining changes in heating when considering the outer limit models.

Although the previous approach is suitable for consideration of the speciﬁc models in

£ Pa% At Ao
question, a more general approach better illustrates coffcets of variations in atmospheric

parameters. Utilizing the density variation with altitude for the three models supplied
(Figure 1.3.3-40), the density variation in the altitude where the heat pulse occurs was
extrapolated to fit an isothermal model atmosphere. The density profile for an iso-
thermal atmosphere being given by (Reference 12):

. e-{(h—ho)/R"”r} M. g
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Assuming no variation in temperature or molecular weight with altitude the above
expression simplifies to:
-Kh

p = Po e
Using density values at 100, 000 and 400, 000 feet (Reference 14), the density decay
constant (K) was determined for each corresponding isothermal model atmosphere.
The calculated density decay constant, and the densities at 100, 000 feet of the model
atmospheres supplied, were then used to calculate the sea level densities of the
corresponding isothermal models (Table 1.3.3-1). The density decay constants and
sea level densities thus obtained were used to normalize the integrated stagnation
heating obtained from the heating parameters. Normalization was achieved by plotting
the integrated s}agnation heating divided by the square root of the pseudo - sea level
density [ Q/p 0)1 2]previously obtained as a function of the density decay constant. The
resulting curve (Figure 1.3, 3-41) is used by taking any given model atmosphere and
1) extrapolating the straight line segment of the density-altitude curve (plotted on semi-
logarithmic co-ordinates) to sea level, 2) determining the slope of the resulting curve
(K), and 3) entering Figure 1.3.3-41 with the values of K and o' to obtain heating at
the reference entry condition of W/CpA = 40 and V_ = 23,000 £.9.s.

No similar approaches have been taken for Venus because of the significant contribution
of radiation to the total heating. However, the effects of the Extreme Atmosphere have
been evaluated for three Venusian conditions. The results shown in Figures 1. 3. 3-32
through 1. 3. 3-34 are typical, and would apply in a similar manner to W/CDA's other
than 40.

TABLE 1, 3,3-1. MARS "ISOTHERMAL" MODEL ATMOSPHERES

True Model

True Sea Level

Pseudo-Sea Level

Density Decay Constant

Isothermal Model

(Reference 14) Density (Slugs/it3) Density (Slugs/ft3) K (it-1) Atmospheric Temp. (°R)
Lower Limit 1.453 x 10-4 7.238 x 10-4 3.774 x 10'5 178. 6
Atmosphere

Mean Limit 2.345 x 1074 4,919 x1074 2,342 x 107° 287, 9
Atmosphere

Upper Limit 2.942 x 1074 3,065 x 1072 1.378 x 1072 489.3

Atmosphere

NOTE: Mars' "Isothermal” Model Atmospheres do not represent true Martian atmospheric models. Instead they are
modifications, which have been found useful in determining effects of atmospheric characteristics on integrated
heating, of the original models supplied (Reference 14),

(8) Tonization Effects

At the veocities encountered during a planetary entry the free stream gas becomes
dissociated and partially ionized by the shock wave preceding the vehicle. With ionization
the thermal conductivity rapidly increases, along with additional energy transfer by
diffusion of charges in the form of ionization energy. Stagnation point heat transfer has
been calculated by Hoshizaki and Scala for velocities up to 50, 000 f.p.s. Hoshizaki
assumed chemical equilibrium and made use of the equilibrium transport properties

for air given by Hansen (Reference 16). Scala,on the other hand calculated the convective
heating assuming equilibrium chemistry, and primarily congidering dissociation and
ionization of pure nitrogen. Although Scala's results were significantly higher than the
results of others, the difference was not a result of analytical procedures but, rather,

the transport properties employed. The early results of Warren seemed to substantiate
Scala's results (Reference 17). However, later data (Figure 1.3.3-42) obtained by
Gruszczynski indicated shock tube results significantly lower than Scala's predictions.
Comparing Gruszczynski's test data and the extrapolated theory for air, the difference
was attributed to ionization. The convective heating for a typical Venusian trajectory
was upgraded, based on Figure 1. 3. 3-42, to include the effect of ionization. Consequently,
integrated heating around the body was increased by 8% to include ionization. Although
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the previously mentioned results of Gruszczynski and Warren (Reference 6) seems to
indicate a negligible effect due to ionization, the 8% increase in convective heating for
Venus entry was retained for heat shield requirements. (Figures 1.3.3-23 through
1.3.3-34 and 1. 3. 3-43 through 1. 3. 3-54 do not include any effects due to ionization. )
Because of the much lower entry velocities for Mars than for Venus, no ionization
effects have been considered in the ablation shield requirements or convective heating
for Mars.

In addition to the calculation and presentation of convective heat pulses for Mars and
Venus, integrated values of convective heating have been obtained and are presented
(Mars - Figures 1.3.3-55 through 1.3.3-57, Venus - Figures 1.3.3-43 through 1. 3. 3-54)
for the three previously mentioned body locations. Mars convective heating has been
treated as total heating, whereas the Venus curves also show radiation (to be discussed
under radiative heating). All the curves are plotted as a function of entry conditions

(Ve and W/CDA), and serve as a basis for determining shield ablation requirements.

C. Radiative Heat Transfer

In addition to the determination of convective heating rates, it was necessary to predict

the radiative energy transfer to the entry vehicle from the hot gas cap (shock layer). Such
predictions require a knowledge of 1) atmospheric composition, 2) radiant contribution of
each radiating specie as a function of temperature and density, and 3) shock layer
characteristics such as temperature, density, and shock detachment distance. Consequently,
attention has been given to the definition of radiation properties for the chemical com-
positions of the atmospheres of Mars and Venus, while shock layer characteristics have, of
necessity, been based on the thermodynamic properties of air.

(1) Radiation Intensities

Modifications of the Ablation Design Program for application to Martian and Venusian
entry included tables of radiation intensity for each gaseous mixture. Radiation data for
Venus was for a 9% and 25% CO, mixture (References 18 and 19) based on appropriate
species concentrations for eachatmosphere (Reference 25). Initial data supplied (Figure
1.3.3-58), which was used in the calculations of heat pulses for the REKAP analysis
(Figure 1. 3.3-59), did not include the spectral region below 0.2 u and only approximately
treated the temperature dependence of the free-free continua cross-sections. More
recent radiation data replaced the initial data in the Ablation Design Program, and was
used to calculate the radiative heat pulses for the Venusian trajectory matrix. The more
recent radiation data included the following radiating species:

Coy band systems

C% band systems

CN red and violet

Ny band systems

O9 band systems

No* band systems

NO band systems

Free-free continua of O, N, C, N*, and C*

Deionization continua of OF, N'i, and C* (including the spectral region below 0, 2 u)
Free-bound continua of O™ and C~

The utilization of new cross-sections for the free-free continua, and the consideration of
spectral regions below 0.2u for the deionization continua resulted in comparatively higher
radiation intensities, as a comparison of Figures 1. 3.3-58 and 1. 3. 3-60 will demonstrate.

Total intensities of radiation for the Martian gaseous mixture were also evaluated (Reference
18) based on species concentrations given by Reference 24. The radiation data for Mars
represents initial efforts in this area, similar in scope to the previously mentioned initial
values for Venus. More comprehensive considerations of the Martian species and con-
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tributing spectral regions could be expected to result in similar intensity changes over the
same regions as for the Venusian mixtures.

Although non-equilibrium radiation effects have not been specifically considered in this
study, a preliminary examination of the problem (Reference 29) indicated only a very
minor contribution by non-equilibrium radiation. For engineering purposes this contribu-
tion may be ignored.

(2) Radiative Heat Transfer (Results)

For the prediction of radiant heat transfer rate to a vehicle entering a planetary atmosphere
it is necessary to know precisely the percentage gas composition. Since this was not
available a series of gas mixtures with variable CO, content between 3% and 1009 (with the
balance being N,) were studied. The radiant heat fl%x was calculated for entry velocities of
40, 000 ft/sec and 25, 000 ft/sec and at ambient density ratio Ps/R, = 1072, The necessary
calculations of shock relations were done using the iterative procedure described in
Reference 30. The solutions were obtained with the help of equilibrium thermodynamic
properties for mixtures with 3%, 9%, 25%, 80% and 100% CO, content under room conditions
(Reference 31). The resulting stagnation point temperatures ‘and pressures determined the
molar composition of the shock layer gas.

The radiant flux was finally calculated by summing up the contribution from all principal
radiators (Reference 32) corresponding to the particle density and temperature. The
theory of Serbin (Reference 33) was used to obtain standoff distance of the shock wave and
hence determine the volume of radiating gas layer.

At a flight velocity of 40, 000 ft/sec there is only a small effect of different amounts of CO

in the atmosphere on the total radiation (see Figure 1.3.3-61). This is mainly due to the

fact that the gas in the shock layer is completely dissociated and even partially ionized.

Hence the bulk of the radiation comes from free-bound and free-free transitions. At the
lower entry velocity the dissociation is not complete and molecular radiation dominates the
total radiation. Mixtures with low CO, content will have a large number of CN molecules which
are strong radiators while the CO,, rich mixture will contain less CN but 4 higher proportion
of CO. Since these systems have Widely different radiative properties the strong influence

of gas compositions on radiation is evident at the lower entry velocity. Heating at the

lower velocities however will not represent limiting design for theheat shield.

Follewing an approach similar to that for convective heating, radiative heating results

from the Ablation Design Program for a Venus trajectory (Figure 1.3.3-62) have been com-~
pared to corresponding results obtained by Scala. Because the same trajectory and the
model atmosphere previously discussed were selected, the comparison of local properties
and normal shock relationships for air and an N, - CO, mixture remains unchanged. It

can be seen from Figures 1.3.3-63 through 1. 3.3-65 t?xat the Ablation Design Program,
using the thermodynamic properties of air, gives a higher radiative heating than Scala's
calculations using the appropriate N, - CO, thermodynamic properties. The higher values
obtained by the Ablation Design Program were attributed to the higher temperatures caused
by using air thermodynamic properties.

Results indicating a similar trend were observed by plotting data from an Ablation Design
Program run simulating shock tube conditions obtained by Gruszczynski and Warren. The
data from the Ablation Design Program is shown on Figure 1.3.3-66 with Gruszczynski's
data from Reference 6. It should be noted that, whereas the data from the Ablation Design
Program is for a 25% CO, - 74% N, mixture, the majority of Gruszczynski's data and all

of Nardone's calculations“were for a 9% CO2 - 91% N, mixture. Consequently, the correla-
tion between the Ablation Design Program values andthe experimental results of
Gruszczynski's is closer than is at first evident.

Having determined the degree of correspondence between the radiative heating calculated by
the Ablation Design Program for N, - CO, mixtures and the experimental values, radiative
heating values for Martian and Ventisian ehtry trajectories were obtained. Because the
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Ablation Design Program calculates convective and radiative heating simultaneously,
additional runs were not required. Radiative heating values were obtained from the output

for the trajectory matrix and body geometry previously used to determine convective heating.

Although radiative heating was calculated for Mars, the results for the worst trajectory
(i.e., greatest radiation contribution to total heating) indicated that the relatively small
contribution to the total heating from radiation did not warrant consideration in determining
shield thickness requirements (Figure 1.3.3-10).

(3) Entry Angle Effects

As previously demonstrated for convective heating, radiative heating indicated trends
similar to those previously observed for Earth re-entry. Choosing a W/C_A of 40 as
typical, it was observed that a 15° entry angle results in a radiative heat pulse of 30
seconds duration reaching a peak value of 1165 BTU/ ft2 sec, and an integrated value of
9000 BTU/ft2. The radiation contribution to total heating amounted to 30 per cent. Con-
versely, a 90° entry, which had a radiative heat pulse lasting 7 seconds, reached a peak
value of 8250 BTU/{t2 sec., and an integrated value of 1450 BTU/ft2. The radiation con-
tribution accounted for 58% of the total heating.

(4) Ballistic Parameter Effects

Similar effects are also observed for variations in ballistic parameter. For an entry angle
of 30° and a ballistic_parameter of 20, the radiative heat pulse lasts 13 seconds for a peak
value of 1360 BTU/ft2 sec, and an integrated value of 5000 BTU/ft2. The radiation con-
tribution to total heating is 36 per cent. Keeping the entry constant at 300, but increasing
the ballistic parameter to 60, caused the duration of radiative heating to become 12
seconds. The peak value reached was 6400 BTU/ft2 sec, with an integrated value of
21,000 BTU/ft4. The resulting contribution of radiant to total heating was 57 per cent.

(5) Entry Velocity Effects

Althowg h no quantitative results are available to describe the effect of entry velocity on
radiative heating for Venus, the trend will be similar to effects observed for Earth re-
entry. Just as convective heating (instantaneous and integrated) increases with increased
entry velocity, so will the radiative heating. It is anticipated however, that the radiant
heating will increase more rapidly than the convective heating, resulting in a greater
radiation contribution to total heating at higher entry velocities.

An interesting and perhaps significant phenomenon may be noted on all the curves presenting
radiative heat pulses (Figures 1.3.3-23 through 1.3.3-34). As the radiative heat pulse
decreases toward the end of its duration, a second minor peak occurs (indicated in Figure
1.3.3-27). Gruszczynski (Reference 6) has attributed this secondary peaking action to the
contribution of the CO and CN band radiation during that portion of the flight regime.
Gruszczynski has brought out the significance of the secondary peaks in that "It is only
after this point [labeled ""A" in Figure 1.3.3-27] that the strong differences in radiation
between air and the 9% CO, - 91% N, mixture -~ that due to CO and CN band radiation --
become important. This iS reflectea in the shape of the radiative pulses after point A.
Thus for initial entry velocities of the order of 40,000 f.p.s. or more, the complexity of
the equilibrium radiation problem during the time of important vehicle heating, caused by
our lack of knowledge of gas composition, may be considered reduced. "

{8\ A §1an 1.
\9)

An approach similar to that for convective heating was not possible for radiative heating.
Consequently, the trajectories used to evaluate the effects of the Extreme Model Atmosphere
for Venus on convective heating weme also used to evaluate the atmospheric effect on
radiative heating. As anticipated, the Extreme Atmosphere resulted in higher values of
radiative heating, and a lesser contribution of radiation to the total heating. The magnitude
of the effects are apparent when Figures 1.3.3-32 through 1. 3.3-34 are compared with
Figures 1.3.3-26 through 1. 3. 3-28.
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D. Total Heating

As previously mentioned, total integrated values of convective heating (for the stagnation
point, sphere point or maximum turbulent heating point, and the mid-cone point of the
basic vehicle) have been evaluated. The results for both Mars and Venus are presented in
Figures 1. 3.3-55 through 1. 3.3-57 and Figures 1.3.3-43 through 1. 3.3-54. In addition,
the integrated values of radiant heating, the sum of integrated convective and radiative
heating, and the fractional contribution of radiant heating to total heating were evaluated
for Venus, and are included in Figures 1.3. 3-43 through 1.3.3-54. Whereas convective
heating was so overwhelmingly dominant for Mars as to preclude any detailed consideration
of radiation, this was not true for Venus. It is, therefore, much more difficult to specify
the worst Venusian entry condition from a thermal protection standpoint, as the situation
will vary with respect to the body location being considered.

E. Ablation Material Performance

Prior to the determination of ablation shield thickness requirements, a knowledge of the
ablation material to be used and its properties was required. Several ablation materials
were initially considered (i. e., phenolic Nylon, elastomeric shield, material, phenolic
graphite, and phenolic refrasil). Preliminary investigations based on cold wall heats of
ablation indicated elastomeric shield material as a primary material, and phenolic Nylon
as an alternative material for Martian heat shield studies. Phenolic Nylon appeared to be
the most suitable ablation material for Venusian heat shield applications. The perform-
ance of these materials in the planetary environments being considered was determined by
comparison with suitable test data where such data was available, and by the REKAP
analysis where appropriate test data was not available.

(1) Martian Ablation Performance

(a) Elastomeric Shield Material

To determine the heats of ablation to be used for ESM and phenolic Nylon, a basic
trajectory was chosen for later use in heat shield calculations. The trajectory chosen had
an entry angle of 200, and a W/C_A of 40. This trajectory represented the severest
heating case with respect to entry angle and a median heating value with respect to W/CDA.
Ablation tests conducted in a hypersonic arc tunnel (Reference 22) for ESM 1001P-S
(dersity = 41 Ib/ft°) indicated heats of ablation of 6250, 7600, 8800, 9100, and 9350 for
five stations along the axial centerline of the test specimen. The average heat of ablation
arrived at was 8220 BTU/1b, which demonstrates reasonable agreement with the 8500
BTU/Ib heat of ablation based on preliminary analysis, and used for ESM heat shield
calculations. The referenced test resulted in a peak heating of 47 BTU/ 2 sec. , Which
agrees favorably with cone values of Figure 1. 3.3-15 for the basic vehicle and trajectory
later u%ed for heat shield calculations. Other heat fluxes, 23.5,36, 44.5, 46 and 38.5
BTU/ft* sec., along the centerline of the test sample, which influenced previously quoted
test heats of ablation, also agree favorably with heat fluxes presented in Figure 1.3.3-15
for the cone section.

Other tests conducted on ESM 1003 (Reference 23) in a rocket exhaust facility also
indicated favorable comparisons with a heat of ablation of 8500 BTU/1lb, when it is noted

that rocket exhaust facilities generally give significantly lower enthalpies, resulting in

lower apparent heats of ablation at a given heat flux. Figures 1.3.3-67 through 1. 3. 3-69
demonstrate heats of ablation which are typical of the ESM family of materials.

It should be pointed out that although Figure 1.3.3-70, indicates shear stress levels as
high as 18 psf, this was done for the worst shear conditions. The other entry conditions
would experience shear levels much lower than those indicated. Therefore, the heats of
ablation shown for ESM at the lowest shear levels (0 - 8 psf) of Figure 1.3.3-68 are still
typical of the Martian entry environments.
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(b) Phenolic Nylon

The heat of ablation used for phenolic Nylon was based primarily on data from a recovered
satellite, which resulted in a heat of ablation of 6000 BTU/1b. It is apparent from Figure
1.3.3-15 (for the basic trajectory and body used for heat shield calculations) and Figure

1. 3.3-71 (representing heat flux levels encountered by the entry vehicle and the recovered
satellite) that the entry environments were somewhat similar. Consequently, utilization
of the 6000 BTU/1b heat of ablation as determined from the recovered satellite would

seem justified. Further justification for the phenolic Nylon heat of ablation chosen is
apparent in Table 1.3.3-2 and Figure 1. 3. 3-69 representing the previously discussed tests
in a hypersonic arc facility, and rocket exhaust facility.

TABLE 1,3, 3-2. MATERIAL PROPERTIES

Elastomeric Shield
Phenolic Nylon Material
Density (1b/ft3) 75 45
Specific Heat (BTU/1b°F) . 380 . 360
Thermal COQductivity . 00004 . 000025
(BTU/hr Ft° OF/ft)
Heat of Ablation (cold wall) 6000 8500
(BTU/1b)
Degradation Temperature (°R) 1100 1300
(2) Venus Ablation Performance

Previous studies of heat protection materials performance for Venus entry have introduced
a new effect in ablation material performance, that of sublimation of the char surface.
Conventional environments such as ballistic and satellite re-entries result in maximum
surface temperatures on the order of 5000-6000°R. Since carbon does not sublime below
about 7000°R the consideration of surface absorption of heat by sublimation has not been
required. In many cases the Venusian entry heat pulses are characterized by very high
rates over short time periods. As aresult of the high heating rates, the surface
temperatures tend to reach very high values. The high surface temperature tends to
increase the ablation material effectiveness through:

reduction of heat input
re-radiation of more heat
absorption of more heat by surface sublimation

In addition to the above problem, the Venusian atmosphere results in radiant heating rates
which are in some cases equal to or greater than the convective rates. Since the ablation
effectiveness is less for radiative heating (due to no "blocking action' or mass addition

' LA +h +3 AfF vmadiant 4~
effect) it follows that the "heat of ablation" is dependent on the ratic of radiant to

convective heating. Finally, the Venusian entry conditions result in stagnation enthalpy
values up to 32,000 BTU/1lbs, which is far outside the reaches of a sound extrapolation of
present correlations of heat of ablation with stagnation enthalpy.

The performance of ablation materials is often described by the gross "heat of ablation"
quantity, usually obtained by ground tests. This concept is often inadequate, especially
for char forming plastics. In order tobetter understand the phenomena involved, General
Electric has developed an applied engineering technique or model for the ablation of
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thermosetting plastics designated as the Reactions Kinetics Ablation Program, For
designated as the Reactions Kinetics Ablation Program. For Venusian entry, such a
procedure is a must since ground test facilities for establishing ablation material per-
formance are completely inadequate in simulating the conditions of heat flux, shear stress,
and enthalpy.

These problems were investigated to some extent during the previous Venus - Mars
Capsule Study (Reference 4) by artificial modifications to allow fixing the surface
temperature and absorption of heat at the surface. Since the previous studies resulted in
very high heats of ablation (15,000 to 27, 000 BTU/1bs), it was necessary that additional
studies be accomplished to substantiate these results and determine the extent to which
they can be applied. The additional study has been accomplished with a more rigorous
modification to the REKAP program where carbon vapor pressure data and local pressure
time histories are utilized to control the sublimation processes. This study was funded by
the General Electric Development Authorization Program.

The REKAP Program used in this analysis was modified to include temperature and vapor
pressure data and temperature - latent heat of sublimation data as developed from
Reference 21 and presented in Figures 1.3.3-72 and 1.3.3-73. The local pressure was
then supplied as an input for calculation in addition to the usual heating rates, thereby
determining the surface temperature and heat of sublimation during sublimation periods.
Sublimation was therefore an important mode of char surface recession and char thickness
control. The modified program also included an over-riding char thickness control as a
function of shear stress based on extensive investigation at GE-RSD, which has resulted
in a shear stress - char thickness correlation from both ground and flight test data.

The above described program was used to study phenolic Nylon ablation performance for

a range of Venusian entry conditions. The conditions covered a matrix of three entry
angles (15°, 30°, 90°), three body locations (stagnation point, maximum turbulent heating
point, mid-cone point), and four levels of hot gas radiant heat input for each of the above
cases, resulting in 36 cases. The heat fluxes used in the study are given in Figures
1.3.3-59 and 1.3.3-74. The standard atmosphere and a vehicle with Ry/Rp = 0.6, 8 = 24°
and Rpg = 3.5 feet, was used as the basis for the study. As pointed out in a previous sec-
tion, the radiation results are based on the preliminary radiation intensities and are not
the final results which would have been predicted. The parametric variation of the gas
radiation level was sufficient to cover the change. The aerodynamic shear stresses are
given in Figure 1.3.3-75. The shear stresses are not severe, being of the same magnitude
as blunt body ICBM re-entry into Earth atmosphere. The char-thickness limitations

based on the shear correlation are given in Figure 1.3.3-76. Typical analog results are
shown in Figures 1. 3.3-77 through 1. 3. 3-80 giving in order the char and virgin material
temperatures, the ablation and char thickness histories, and the heat flux partitioning.

The REKAP results were reduced to time integrated levels of degradation through use of the
final degradation thickness and the total integrated gross heat input. Heat of ablation
correlations with both gross heat input and the ratios of radiation to total heating (Qr/QT)
were devised as given in Figures 1.3.3-81 and 1, 3.3-82. The data appears to correlate
much better with gross heat input for all off-stagnation point locations than with radiation
levels provided the radiation levels are limited to (Qy/ QT) < 0.4. Inthe range of Qr/Q
from 0 to 0.4, the loss in blocking action with radian]'zt heat input is apparently offset by
other phenomena so that the material maintains the usual characteristics of a charring
plastic of increased performance when ""pushed' harder.

The summary of REKAP ablation results as presented in Figure 1. 3. 3-82 obviocusly does
not lead to an all inclusive correlation with Q,/Q.»as was developed in the previous Venus -
Mars Capsule study. It does appear, however, that different body locations can be
correlated with some success so that heats of ablation can be selected for parametric
design studies with confidence in basing the correct level of performance and a knowledge

of the range of error. The procedure adopted for parametric design studies was to 1) use
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the correlation of Figure 1. 3.3-81 for all cone locations due to usually low QR/QT values,
2) use a similar procedure for the nose maximum turbulent location except switch to the

QR/Q correlation (Figure 1.3.3-82) at QR/QT > 0.4, and 3) use Figure 1.3, 3-82 entirely
for theé stagnation point.

Analysis of the REKAP results at specific times during a trajectory was accomplished to
develop instantaneous ablation rates and heats of ablation for correlation with stagnation
enthalpy. Such a correlation could not be developed, however, due to the complexities of
the ablation phenomena of a charring plastic. The mass addition effects which would be
expected to introduce the relationship with enthalpy is reduced to 30-50% of the over-all
ablation effectiveness. The remaining ablation effectiveness is directly dependent on the
char layer thickness which varies widely throughout the trajectory, thereby obscuring

the blocking action efforts. The partitioning of the energy absorption modes is shown in
Figure 1.3.3-83.

A comparison of REKAP prediction with ground test data is shown in Figure 1. 3. 3-84.

The data was obtained from the GE Space Sciences Laboratory air arc facility and was
reported in the previous Venus - Mars Capsule study as well as Reference 27. The REKAP
program was run in the exact form used in the Venus parametric ablation study. The char
thickness was controlled by sublimation. It is noted that steady state ablation was obtained
in approximately one second. The excellent agreement between theory and data substantiates

the REKAP approach to ablation performance.
F. Ablation Requirements

(1) Martian Heat Shield Analysis

The heat shield analysis for Mars was based on the integrated heating to the basic %ehicle
used for previously discussed entry heating calculations, at entry conditions ¥ = 207,
N/CpA = 40, and V, = 23,000 f.p.s. As previously discussed, the entry conditions chosen
represent the extreme integrated heating with reference to entry angle, and a median
value with respect to W/CpA. The entry condition selected was virtually entirely laminar,
therefore it was decided to apply laminar wetted length corrections to obtain heat shield
thickness for other vehicles. The laminar corrections were obtained from Reference 11,
as a function of S/ Ry (wetted length/nose radius), and cone angle. However, rather than
calculate the specific integrated heating to each vehicle, the heating to the basic vehicle
was used to obtain a heat shield for the basic vehicle (Figure 1.3.3-85). The laminar
corrections of Brunner were then used to determine heat shield thicknesses, without any
safety margin, for the other vehicles (Figures 1.3.3-85 through 1. 3.3-93).

To obtain the heat shield thicknesses for the basic vehicle, the following relationship was
used:

X = 12 QT
p He

(Inches)

where X is ablation thickness in inches (no safety margin), QT is total time - integrated
heating (BTU/ft2), p is ablation material density (LB/ft3), and H, is the effective heat of
ablation (BTU/1b). From the equation it is apparent that shield thickness is directly pro-
portional to integrated heating, and that therefore, it was justifiable to apply the laminar
corrections based on wetted lengths directly to shield thicknesses. Although turbulent
conditions are encountered for other entry conditions, Figure 1.3.3-94, indicating the
ratio of laminar to total heating, demonstrates that the major portion of the trajectory
matrix experiences laminar heating, Consequently, the heat shield calculations, based on

laminar corrections, are justifiable not only for the basic trajectory, but for others as
well.
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(2) Trajectory Corrections

Although the results obtained (Figures 1.3.3-85 - 1. 3, 3-93) were for the basic trajectory
condition considered, ablation thicknesses for a given vehicle may be modified to obtain
shield thicknesses for other trajectories. This could be done by ratioing heating for the
three significant body points (stagnation point, sphere point, and mid-cone point) at the
trajectory conditions for which heat shield thicknesses are desired, to the heating at the
same points (S/RN values as in Figures 1, 3. 3-11 through 1. 3. 3-22) for the basic trajectory
conditions. The ratio thus obtained should be multiplied times the shield thicknesses for
the given vehicle at the basic trajectory conditions. The results obtained would then be
shield thicknesses for the same vehicle, but for a different trajectory. To correct for
changes in entry velocity, the new entry velocity divided by the 23,000 f. p. s. should be
entered into Figure 1. 3. 3-36 and the corresponding Q/Q @ 23,000 f. p. s. value determined.
Using the Q/Q value thus obtained to multiply the shield thicknesses for the vehicle under
consideration (with an entry velocity of 23,000 f.p. s.), shield thicknesses may be obtained
for the same vehicle, but at the new entry velocity.

(3) Atmospheric Corrections

All Martian shield calculations have been made with reference to the Mars Mean Atmos-
phere, consequently it could be necessary to determine the effects of the Upper and Lower
Limit Model Atmospheres on the heat shield requirements. Figure 1. 3. 3-95 has been de-
rived for this purpose from integrated heating plots of Walker's Heating Parameter for the
three atmospheres being considered. For any entry condition and vehicle being considered,
heat shield thicknesses as determined for the Mars Mean Atmosphere should be multiplied
by the heating ratio (Q upper/Q mean, or Q lower/Q mean) for the atmosphere in question.

(4) Parametric Plots

In addition to shield thicknesses for the general vehicle matrix, parametric shield thick-
ness curves have been generated for ESM and Phenolic Nylon. Figures 1.3, 3-96 through
1. 3.3-99 are for the stagnation point, and a point on the sphere (S/Ry =.60), and are
normalized with respect to the square root of the nose radius. As previously, these curves
are based primarily on the majority of heating being laminar (Figure 1, 3.3-94). To use
these curves it is simply necessary to enter with an entry angle and ballistic parameter.
The corresponding ablation thickness value should then be multiplied by the square root of
the nose radius (in feet) to obtain the appropriate shield thickness in inches, Velocity and
atmospheric corrections may be applied in the manner already discussed. A similar
normalization procedure could not be used for Venus because of the significant role played
by radiant heating.

(5) Venus Heat Shield Analysis

The Venus heating calculations (parametric with H, W/CpA) are indicated in a previous
section, for a basic shape with & = 300, kn/RB = 0.6, and Rp = 3.5 ft. To obtain a heat
shield input to vehicle optimization requires application of these results to different shapes.
Obviously, it was not possible to obtain shield thicknesses for a 27 vehicle matrix for all
entry angles and W/CpA's, A nominal W/CpA of 40 LB/ft2 and the maximum heating
entry angle of 150 was selected as the design case.

The problem remained to take the integrated convective heat and the integrated radiant

heat at the selected body locations on the basic configuration and adjust them for configur-
ation changes. The body locations selected to give adequate definition of the heat shield
thickness distribution was the stagnation point, maximum turbulent heating point, tangency
point, mid-cone point and end of cone point. The off-stagnation point convective heating
was handled by developing correction factors from wetted length and pressure changes,

The stagnation point was, of course, corrected by the vVRN. On the smaller configurations,

the nose section was assumed to remain laminar and the heating of the "'maximum turbulent
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point' was actually obtained by Lee's distribution. The cone section was in all cases treated
as all turbulent heating, although for the smaller configurations transition would not always
occur early in the trajectory.

The correction of radiant heating was accomplished by developing the radiation distribution
correlation shown in Figure 1.3, 3-100. The relationship was devised by plotting from
computer results for the basic shape, the radiation intensity (per unit shock layer thickness)
versus the local pressure distribution. The development of this distribution curve with a
straight line variation with such a basic quantity as the pressure distribution is considered
a minor breakthrough in radiation techniques. Using this data and the local shock layer
thickness and pressure distribution, the radiant heating distribution can be described for
any configuration. A table of shock layer thicknesses normalized with nose radius is given
in Table 1, 3, 3-3. It should be recognized that the basic radiation calculations used through-
out this study do not account for non-isothermal shock layer and therefore the predicted
radiation levels on the cone section are likely to be considerably higher than the actual
values. This situation is not aggravated or attributed to in any way, however, by the
present radiation distribution technique.

TABLE 1, 3, 3-3, SHOCK DETACHMENT AT CONE LOCATIONS

L
RN/RB 0 Mid-Cone End Cone
.24 20 .26 .35
30 .19 .34
40 .19 .34
.6 20 .32 .32
30 .19 17
40 .165 . 145
.9 20 .26 .28
30 i .19
40 .15 175

The results of the heating distribution calculations are tabulated in Table 1. 3. 3-4, including
integrated convection and radiation and the ratio of radiant to total heating. Also included
are the heats of ablation and the predicted ablation thickness. The results were plotted as
shield ablation requirements versus axial station and are presented in Figures 1. 3. 3-101

through 1. 3. 3-109.
F. Insulation Requirements

(1) Martian Insulation Requirements

Insulation requirements for a Martian entry vehicle were determined by a conduction
solution using the Air-Gap Program. Using the heat fluxes obtained from the basic matrix
of Martian runs, and the elastomeric shield material thermal properties of Table 1. 3. 3-4
as input, peak backface temperatures at the stagnation point were plotted as a function of
insulation thickness for each entry condition. The resulting curves were then cross-
plotted to obtain insulation thickness as a function of entry angle for several peak backface
temperatures. To use these curves it is necessary to select a desired bond line tempera-
ture and enter the curves (Figures 1. 3, 3-110 through 1. 3, 3-112) with the desired entry
conditions, to read off the required stagnation thicknesses., It is recommended that insula-
tion thicknesses obtained be used around the entire body.

It is to be noted that all the curves are for ESM in the Martian Mean Atmosphere. Due to
changes in entry time with changes in atmosphere, corrections would be necessary for
application to the other Martian model atmospheres, It is suggested that correction factors
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RESULTS FOR MATRIX OF VEHICLES

END OF CONE

il
He X Qc Qr Qp Qp He Xy
5500 . 201 7000 370 7370 .050 5600  .211

7000 .286 11040 1550 12590 .123 7000 .288
8300 . 331 14080 4370 18450 .237 8700 . 339

5300 .189 5910 350 6260 .056 5300 . 189
6500 . 259 10330 1330 11660 .114 6900 . 270
8300 .328 14180 4440 18620 .238 8700 . 343

5500 . 205 6660 540 7200 .075 5500 . 209
6900 .276 9910 1520 11430 .133 6700 .273
8700 .338 13830 5070 18900  .268 8800 . 344

5500 .201 5930 720 6650 .108 5400 .197
6900 .272 9390 2980 12370 .241 7000 . 283
8400 . 336 11910 8400 20310 .679 9200 .353

5100 L1177 5010 590 5600 .105 5100 .176
6300 . 255 8770 2400 11170 .215 6600 .271
8600 . 338 12060 8510 20570 . 414 9300 .354

5300 .192 5680 790 6470  .122 5400 . 192
6700 .273 8430 2650 11080 .239 6600 .269
9100 . 353 11840 9020 20860 .433 9400 . 355

5200 . 182 5620 870 6490 .134 5400 . 192
6700 .280 8880 3630 12510 .290 7000 . 286
8600 .341 11300 10220 21520 . 415 9500 .362

TABLE 1.3.3-4. HEATING AND ABLATION
\
\
|
|

5000 L172 4750 620 5370 .115 5100 .168
6400 .251 8310 2880 11190 . 257 6600 .271
8800 . 344 11600 10350 21950 . 472 9700 . 362
5300 . 1980 5350 1030 6380 .161 5300 .193
6700 .275 8010 2620 10630  .246 6500 .262

9300 .356 11090 10350 21440 . 483 9500 .361
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might be obtained by ratioing entry times for the other atmospheres with those for the mean
model, and applying the ratios to the insulation thickness at a particular entry condition
(the greater entry time requiring the greater insulation thickness),

To obtain total shield thickness, it would be necessary to specify ablation thicknesses for
the vehicle being considered, and then add to this the insulation requirements around the
vehicle, The values obtained would represent minimum requirements, and should be
multiplied by the desired safety factor,

(2) Venus Insulation Requirements

The heat shield insulation thickness for Venus is required only to protect the bond line so

that the shield remains intact throughout the heating period. After the heating period, the
outer surface is expected to rise approaching the ambient air temperature during the extended
flight time before reaching the surface, The shield insulation thickness required was de-
termined from the shield temperature response data generated in the REKAP studies. The
150 entry case was taken as the design case due to the longest heating period. The temper-
ature gradient through the shield at the end of heating is shown in Figure 1, 3.3-113. Assum-
ing a conservative bond line temperature limit of 5000F for a silicone tube bond, the insula-
tion thickness is only 0,03 inches, The value was used for all body locations and entry
conditions.

G. Development Recommendations

Although the present study has resulted in the development of techniques and capabilities
for the design of Mars and Venus entry heat protection systems further investigations are
recommended., Continued investigations should include analytical development and experi-
mental development.

(1) Analytical Development

As already noted, it was necessary to use air as the basis for thermodynamic properties
to be used in heating predictions, Although the resulting inaccuracies were not considered
intolerable for application to preliminary heat shield design, they are avoidable, With a
further substantiation of the "true' chemical make-up of the Martian and Venusian atmos-
pheres, it is recommended that the corresponding thermodynamic properties be utilized.
Incorporation of the appropriate No-COg thermodynamic properties in the calculation pro-
cedure would result in more accurate convective and radiative heating predictions. In
addition the basic radiation intensities should be further analyzed 1) for possible additional
contributing species or 2) to reflect any changes in the chemical model for the Martian and
Venusian atmospheres, In particular, the Martian radiation data should be extended to
include those additional contributing species already considered for Venus, The radiation
calculation procedure could be further refined by using a calculation method which accounts
for the effect of a non-isothermal shock layer (Reference 28).

Further analytical development in the ablation materials area is indicated with an emphasis
on the REKAP approach. The present study evaluated only the thermal performance of PN
in the Venusian atmosphere. Consequently, it would be advisable to further the analysis

by considering other possible ablators for application to Venusian entry. It should also be
noted that the present REKAP analysis considered only the Venus Standard Model Atmos-
phere, Unless further information becomes available indicating that this is the most
probable Venusian atmosphere, the effects on material performance of eniry in the Venusian
Extreme Model Atmosphere should be investigated using the REKAP procedure.

(2) Experimental Development

Concurrently with any further attempts at predicting heating during entry to Mars and
Venus, continued experimental shock tube studies are recommended, Such tests should be
used to substantiate and support the theoretical heating predictions for Mars and Venus.
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Although ground test facilities may be used to simulate the Martian entry environment, the
same cannot be said for Venus, Because of the high enthalpy levels and heating rates,
already discussed, no existing ground facilities can adequately simulate the Venusian entry
environment, Facilities to simulate the Venusian entry environment not only must provide
significantly higher enthalpy levels than those heretofore obtained; but in addition a definite
need exists for a facility capable of providing convective and radiant heating in varying
proportions, Consequently, it will be necessary to develop appropriate environmental
facilities.,

Using existing facilities (for Mars) and facilities not yet in existence (for Venus) materials
tests should be conducted. The purpose of such tests, simulating the planetary entry
environments, would be to experimentally determine ablation material performance. The
results of these tests could be used to further refine theoretical ablation and insulation
estimates for the materials being investigated, In addition test results could be used in
support of a continued REKAP materials performance analysis.
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SYMBOLS

diameter

enthalpy, altitude
heat of ablation
radiation intensity
density decay constant

emissivity correction factor for non-optically thin gas layer

shock detachment distance
mean molecular weight
Prandtl Number

heat transfer rate

time integrated heating

universal gas constant, radius

recovery factor, radius

isothermal layer temperature

wetted length
velocity

velocity gradient
ballistic parameter
ablation thickness

radial co-ordinate of body location

streamline divergence
absorptivity

entry angle, ratio of specific heats

Boltzmann's constant
emissivity

half-cone angle

density

pseudo-sea level density
viscosity, microns
time of entry heating

convective

local edge of boundary layer, entry conditions

laminar

stagnation point, sea level
stagnation point

recovery conditions
radiative

turbulent, total heating
wall

free stream

reference conditions
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1.3,4 STRUCTURAL ANALYSIS

A, Introduction

The structural analysis objective for the Voyager Study was to determine the type of struc-
ture and type of material that best suits the Lander requirements and the penalties for

"off optimum' design, The results presented are for structural optimization and do not
encompass the system considerations, See Sectionl. 3, 8 for the system trade-off involv-
ing structural weight,

The structural analysis section also covers the analysis of impact structures, shield and
structural compatibility; recommendations for further study are included,

(1) Design Philosophy

The Venus and Mars Lander structure was selected to withstand the following load condi~
tion:

Entry Angle, 90°

Peak axial load condition, G, x Max.

Glat. 0

Angle-of-attack, 0°

For the range of vehicles considered the maximum g force varied from 69 to 113 for Mars
entry and 185 to 340 for Venus entry.

The structural temperature was varied during the study since this characteristic is sub-
ject to system trade-off and optimization.

The impact structure was selected to maintain an impact g level equal to or less than 125
Earth g. This value was,selected since it is representative of that which could be sus-
tained by critical components. This value was treated, however, as a variable during
the course of the study to obtain system trends trade-offs.
Boost loads (for the adapter design) were used as follows:

Axial 10 g's

Lateral 5g's
The load factors used in the parametric systems studies for shell weight were:

Limit load factor 1.00

Ultimate load factor 1.25

For the bulkhead and adapter designs a 1.5 load factor was used. This factor was selected
since the loading on these members could not be precisely defined. The materials and
types of construction selected were those which had rcliable design data and analysis.
Exotic materials such as tungsten, tantalum, etc. and unusual methods of construction
(fiber-reinforced plastics, etc.) were not considered because of state-of-the-art

considerations.
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2) General Vehicle Description

The vehicles investigated were all members of the general blunted sphere-cone family.
The outer shell consisted of the thermal shield, crush-up material or filler, and metallic
load carrying structure. The thermal shield provided heat protection only and was not
assumed to resist any loading. The filler was provided to serve as a continuous back-up
for the shield and to transfer the external pressure loads to the structural shell.

For the purposes of the parametric weight study, all internal equipment was assumed to
be reacted along the shell. This condition is shown in the sketch below.

AERODYNAMIC
PRESSURE

INTERNAL
WEIGHT

F INERTIA

Considering each section of the vehicle; nose:

PRESSURE < AXIAL FORCE
(REAC TION)

INE RTIA

typical conical section (j)

PRESSURE ¥ \

BB R

PspCTION j-1— &7

Thus, all aerodynamic pressures are applied to the shield and transferred to the shell,
and all inertia forces are applied directly to the shell. Crush-up forces are applied
through the ""hard spots' of crush-up material and reacted by the ncse shell and support
rings. In the actual hardware design, bulkheads are at this location.

The inertia loading is then revised as shown below for the conical section.

\

PRESSURE

x\\

(F )g
F INERTIA

]1_'

fi=INTERTIA FORCE DUE TO SHELL WEIGHT
(Fj), = BULKHEAD REACTIONS
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B. Re-entry Vehicle Structural Optimization Program

The Re-entry Vehicle Structural Optimization Program is a preliminary design computa-
tion scheme programmed for use on the IBM 7094. Needing only the basic vehicle shape
and loading environment (in terms of pressure distribution history), the program deter-
mines net structural loads. Using these loads, the program calculates for each section
into which the vehicle is divided the required thicknesses and resulting structural

weight as a function of structural temperature. This may be done for any combination or
combinations of structural material and type of construction as follows:

TYPES OF CONSTRUCTION MATERIALS
Monocoque 7075 aluminum
Honeycomb sandwich 2024 aluminum
Waffle-reinforced skin Magnesium
Corrugated-sheet-stiffened single face Beryllium
Corrugated-core sandwich Phenolic glass
Ring-stiffened sheet Stainless steel

Vascojet steel
Titanium

While the properties of the above materials are presently built into the program, any
material may be studied by adding its properties to the program.

The objective of this Re-entry Vehicle Optimization Program is to develop a completely
computerized IBM program which could be used to compare quickly the weight trends of
many combinations of structural material and structural configurations (type of construc-
tion), as a function of structural temperature, so that the best combination for a parti-
cular application could be selected or the weight trade-offs among the various combina-
tions could be run. In order to obtain realistic results, failure modes were considered
which are as close as possible to those considered in the detailed stress analysis of a
re-entry vehicle structure. These include over-all buckling, local buckling where ap-
plicable, and stress level including thermal stress. The von Mises yield criteria was
used for the combined stress condition. Another important feature has been built into

the program in order to obtain realistic results, namely, practical limits. For each ma-
terial considered, a minimum sheet gage was specified which is a lower limit even if
less thickness is actually required for strength. For all types of construction considered
minimum manufacturing requirements are imposed where applicable, such as minimum
pitch and minimum depth on the corrugations, minimum thickness on the honeycomb sand-
wich core, etc.

’

Because the weights calculated in this program are primary load-carrying structure
weights, they do not include such things as rivets, doublers, splices, bonds, and so on.
However, a so-called "fabrication factor' has been included for each type of structure in
order to make up for these miscellaneous items. These fabrication factors were deter-
mined based on past experience with each type of structure. Table 1.3.4-1 shows the
predicted structural weight using the Optimization Program and the actual weight data
from hardware programs.

TABLE 1.3.4-1. ACTUAL VERSUS PREDICTED WEIGHTS

Predicted Actual Per Cent
Program Weight Weight Difference
(1b) (1b)
Mark 6
(Honeycomb) 185 202 7.9%
Skybolt
(Ring-stiffened) 23 25 8.0%
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A further discussion of the computer program is presented in Appendix A of this section.

(1) Matrix Studied

The vehicles evaluated during the parametric study phase were blunt sphere-cone vehicles.
Bluntness ratios of .24, .60 and .90 were used. A sketch of these shapes is shown in

in Figure 1.3.4-1. The base diameter is variable and was selected to correspond to the
gross weight of the vehicle as shown in Table 1.3.4-2. Cone half-angles of 20°, 30° and
40° were also considered. The specific vehicle weight-bluntness ratio-cone half-angle
combinations investigated are shown in Table 1. 3. 4-3.

A more complete description of the configuration selection is given in Section 1. 3.1,

TABLE 1.3.4-2. VEHICLE WEIGHT-DIAMETER RELATIONSHIP

Vehicle Gross Base
Weight (lbs.) Diameter (in.)
300 42
1500 96
2500 126

TABLE 1.3.4-3. VEHICLES STUDIED

Vehicle Bluntness Ratio

Weight (1bs.) Cone Half-angle (Deg.)
.24 .60 .90

300 30 30 30

1500 20 20 20

30 30 30

40 40 40

2500 30 30 30

The type of construction and material combinations initially investigated were:

TYPE OF CONSTRUCTION MATERIALS
Monocoque Aluminum
Honeycomb Sandwich Magnesium
Walffle-reinforced skin Beryllium
Corrugated-sheet-stiffened Phenolic Glass
single face
Ring stiffened sheet Stainless Steel
Titanium
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All combinations were investigated in their applicable temperature range in the 70°-
1000 °F bracket. The specific combination of construction-material-temperature is shown
in Table 1. 3. 4-4,

TABLE 1.3.4-4. STRUCTURAL MATRIX

[ Material
Type of Aluminum | Magnesium | Beryllium | Phenolic | Titanium | Stainless
Construction (°F) (°F) (°F) Glass (°F) Steel
(°F) (°F)
Monocoque 100 100 100 100 100 100
300 300 500 500 500 500
500 500 900 900 900 900
600 600 1000 1000 1000
Honeycomb 100 100 100 100 100 100
Sandwich 300 300 * 500 500 500
* * * 900 900
1000 1000
Waffle 100 100 100 100 100 100
300 300 500 500 500 500
500 500 900 900 900 9500
600 600 1000 1000 1000
Circumferential 100 100 100 100 100 100
Corrugation 300 300 500 500 500 500
500 500 900 900 900 900
600 600 1000 1000 1000
Ring-Stiffened 100 100 100 100 100 100
300 300 500 500 500 500
500 500 900 900 900 900
800 600 1000 1000 1000

*Stress due to thermal gradient through thickness exceeded yield stress of material at
next higher temperature investigated.

When considering the lower temperature regime of Mars, materials such as phenolic
glass, stainless steel and titanium result in heavier structures than those obtained by
aluminum, magnesium and beryllium. This consideration along with the fact that no gain
is achieved in either the cost or manufacturing area by using the heavier metals, re-
sulted in the emphasis of aluminum and magnesium for Martian vehicles. Beryllium,
even with its attendant cost and fabrication penalties, was included because of its ap-
preciable weight savings.

The 1050 °F Venusian surface temperature dictates the choice of a medium temperature

range material such as titanium, stainless steel and beryllium. Table 1.3.4-5 indicates
the combinations studied for both the Mars and Venus entry.
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TABLE 1.3.4-5. STRUCTURAL MATRIX (PLANETARY APPLICATION)

Material
Type of Phenolic Stainless

Construction Aluminum | Magnesium | Beryllium | Glass Titanium Steel
Monocoque MARS MARS MARS MARS VENUS | VENUS

VENUS VENUS
Honeycomb MARS MARS MARS MARS MARS MARS
Sandwich VENUS VENUS VENUS | VENUS
Waffle MARS MARS - - - -
Circumferential MARS MARS - - - MARS
Corrugation VENUS
Ring-Stiffened MARS MARS MARS MARS

VENUS VENUS VENUS | VENUS

(2) Structural Loads

The load condition selected for the preliminary design of the study vehicles was that cor-
responding to the peak axial g condition ata zero degree angle-of-attack. The vehicle
weight was assumed to be distributed throughout the internal volume at a constant pack-
aging density. The choice of a zero degree angle-of-attack is considered realistic for
this study, since investigation was conceptual by nature. The uniformly distributed in-
ternal weight will not be obtained in an actual hardware design. Packaging here will
place the components on specific bulkheads with discrete load transfer points into the
load-carrying shell. This perturbation will change the axial load condition but is not con-
sidered severe, since the external pressure, in general, is the more severe load
contributor.

In a more detailed vehicle design analysis phase, the bulkhead locations and weight dis-
tributions can be considered.

Figures 1.3.4-2 through 1.3.4-7 present typical structural load results for the vehicles
shown in Table 1. 3.4-3 and for a 90° entry into the Mars Lower and Venus Standard
atmospheres. Figures 1.3.4-8 and 1.3.4-9 illustrate the variation in peak dynamic pres-
sure as a function of W/CpA for the previously stated conditions.

Figure 1. 3. 4-10 illustrates the effect of vehicle shapes on structural weight for the Mars
vehicle. From a structural shell stand point an optimum bluntness ratio is about .7 re-
gardless of cone angle, and the higher the cone angles the more efficient the structure.
The evaluation of the optimum structure must be tempered by aerodynamic and vehicle
system considerations and trade-offs

Figure 1.3.4-11 illustrates the effect of temperature and size on a basic structural weight.
Note that temperature is not an important variable on the structural weight of small ve-
hicles. Figure 1.3.4-12 is included for comparison with Figure 1.3.4-11 to illustrate

the effects of material selection on structural weight. As mentioned above the trends are
valid, but the results must be evaluated as part of a system trade-ofi.

The radius of structure was assume equal to the outside radius of the vehicle. When an
appreciable difference in radii is obtained, as is the case when impact crush-up thick-
nesses becomes large, a correction must be applied to these weight values. For the
honeycomb sandwich shell, this correction is
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Rstruct. .
Corrected Weight equals | ——— - (Weight given)

Rshield
For the monocoque and ring-stiffened sh\ells, this becomes

Rgtruct. 1.6

Rghield

Corrected Weight equals * (Weight given)

where R is the radius to the respective elements.
The results of this study indicate the following trends.
(1) Minimum weight structures for the aerodynamic load condition investigated

occur for vehicles with a bluntness greater than .50. The minimum weight
bluntness ratios for aluminum honeycomb sandwich (100 °F) are:

Vehicle Cone Minimum
Gross Weight Half-angle .

(1bs) (deg) Bluntness Ratio

300 30 .90

1500 20 10

30 .85

40 .65

2500 30 65

(2) The honeycomb sandwich construction provides, in most cases, the minimum
weight shell. The circumferential corrugation stiffened shell is competitive
in weight only; difficulties in design, manufacturing and assembly make it
much less desirable.

(3) Beryllium provides the lightest material. It, however, has not progressed
sufficiently to date for serious hardware application. Magnesium and alumi-
num are the next light-weight contenders with the emphasis being placed on
aluminum for the primary material in this study because of its manufacturing
ease. Magnesium is applicable for ring and fitting applications.

(4) In almost all cases considered, an increasing cone half-angle resulted in a
decreasing vehicle weight. This is shown in Figure 1. 3.4-10.

Similar studies as those previously reviewed for Mars were conducted for a Venus entry.
The primary difference in the two investigations was the use of higher temperature ma-
terials for the Venusian vehicles, namely, stainless steel and titanium. The vehicle
weights were heavier due to the increased loading over the Mars entry. The types of con-
struction-material combinations reported are

- -
monocoque w beryllium
honeycomb titanium

ﬂ sandwich < (6AL-4V) B
ring stainless
stiffened steel

L J g (PH-15-7Mo) J
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Comparison of Figures 1.3.4-13, 1.3.4-14, and 1. 3. 4-15 illustrates the effect of con-
struction on the Venus Lander. Honeycomb sandwich construction shows a distinct advan-
tage over ring-stiffened shell. or monocoque. Comparison of Figures 1.3.4-15 and
1.3.4-16 illustrates the effect of materials on the shell weight of the Venus Lander. The
use of titanium results in a lighter vehicle but as stainless steel is selected for the Venus
Lander. Finally, Figure 1.3.4-17 illustrates the effects of shape on the structural shell
weight. Unlike the Mars vehicle the optimum cone angle from a structural weight stand-
point is 30° not 40°.

The pattern for minimum weight bluntness was not as consistent as that for the Mars
vehicles, For the monocoque and honeycomb sandwich shells, the minimum weight blunt-
ness is greater than .50. The ring-stiffened shell, however, has a minimum weight
bluntness which varied through the range considered (.24 to .90). The additional variable
of ring spacing is influential in this comparison.

(3) Conclusions and Discussion

The Mars Landers were able to utilize the common low temperature alloys such as alu-
minum and magnesium. Phenolic glass, beryllium, titanium and stainless steel were also
investigated. The first phase minimum weight study eliminated all materials with the ex-
ception of aluminum, magnesium and beryllium. A further study of these materials was
conducted for use in the monocoque, ring-stiffened and honeycomb sandwich types of con-
struction. Thnis resulted in the following comparison where the numbers 1, 2 and 3 indi-
cate the weight in ascending order, 1 being the lightest.

Typerof Construction Operating Temperature Beryllium Magnesium Aluminum
Monocoque 100°F 1 2 3
500°F 1 2 3
Ring-stiffened 100°F 1 2 3
500°F 1 2 3
Honeycomb Sandwich 100°F - 1 2
300°F - 2 1

The surprising superiority of the magnesium sandwich construction is due to the fact that
the Martian entry, even at a 90° entry angle, results in a low load environment. This in
turn results in the utilization of minimum gage material. A minimum gage of .012 is used
herein for both aluminum and magnesium. At an elevated temperature (300°F), where
minimum gages are no longer applicable, aluminum is the lighter material.

On the basis of these studies, the selection of an aluminum honeycomb sandwich is recom-
mended. This structure allows the reduction of thermal shield thickness to that which
provides an outside face temperature of 300 °F and provides the lightest structural weight
at that temperature.

The effect of aerodynamic load carrying structure on vehicle geometry indicates the use of
a 40° cone half-angle and a bluntness ratio of .65 from a structural standpoint.

The Venus Landers required the use of higher temperature materials such as stainless

types of construction resulted in the following comparison (l representing the lightest
approach).
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Stainless
Type of Construction Operating Temperature Beryllium Titanium Steel
Monocoque 100°F 1 2 3
800°F 1 2 3
Ring-Stiffened 100°F - 1 2
800°F - 1 2
Honeycomb Sandwich 100°F - 1 2
800°F - 1 2

Of the above combinations, titanium honeycomb sandwich represents the minimum weight
approach. A study of the 1500 pounds vehicle indicates that the minimum weight combina-
tion for bluntness less than .6 requires the use of 40° cone half-angle.

The above selection of titanium was on a minimum weight basis only. Stainless steel
does not represent an appreciable weight increase and in the final analysis (when material
"know-how'', cost, development, etc. is consi