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SECTION 1
INTRODUCTTION

This document is the final report on the work accomplished
during a study of Jupiter flyby missions which was conducted for
the Jet Propulsion Laboratory by the Fort Worth Division of General
Dynamics. An earlier report on this study, the Mid-Term Technical
Progress Report (FZM-4572), is completely superseded by this docu-
ment.

The report is presented in four technical sections: (1) Mission
Planning, (2) Spacecraft Systems Design and Analyses, (3) Spacecraft
Concept Evaluation, and (4) Spacecraft Design Concepts. The first
three sections are devoted to the general analyses which are the
bases for the material presented in the fourth section, i.e., con-
ceptual designs of spacecraft to perform flyby missions to Jupiter.

Hereinafter, the tasks, constraints, and technical approach
are delineated, and their relationship to the overall study is in-
dicated. A discussion of the design philosophy employed in the
study is also included. The study results are summarized in sub-
section 1.5.

1.1 DEFINITION OF TASK

The objective of the study as it is described in the Jet
Propulsion Laboratory Statement of Work No. 1285, 25 May 1965,
is to

perform a feasibility study to develop spacecraft design
concepts for a 'flyby' mission of the planet Jupiter. The
study shall consider a range of alternate design concepts
for accomplishing the successive mission objectives listed
below within the applicable design constraints:

(1) Interplanetary and planetary measurements of the
spatial distribution of particles and fields. Measurements
shall include but not necessarily be limited to:

(i) magnetic fields; (ii) solar plasma; (iii) dust and
micrometeorites; (and) (iv) ionized radiation. The trapped
radiation belts of Jupiter are considered a special case of
particle and field measurements and shall be presented
relative to the design complexity required for their
measurement.,

(2) Measurements of the planetary atmosphere of Jupiter

which shall include but not necessarily be limited to:
(1) composition (and) (ii) temperature and pressure.

1-1



(3) Measurements of the physical properties of Jupiter
which shall include but not necessarily be limited to:
(i) observation of the cloud cover and possibly gross
features of the Jovian terrain.

The specific tasks to be completed during the course of the
study are described in the subject Statement of Work as follows:

(1) Develop the conceptual designs for spacecraft
systems for each of the (mission) objectives listed ...
above by accomplishing the following: (i) establish the
functional requirements for spacecraft systems to perform
the mission; (ii) forecast the applicable state-of-the-art
for the time period considered; (iii) perform design trade-
offs as a basis of the rationale employed for design se-
lection; (iv) synthesize the appropriate system concepts;
(v) identify the problem areas and indicate approaches to
their solution; (and) (vi) review the system concepts in
terms of the Mariner Mars '64 spacecraft system design.

(2) Provide a description for each of the systems
developed ... above, which shall include, but not neces-
sarily be limited to, the following: (i) system block
diagrams; (ii) operational sequences; (iii) expected per-
formance characteristics and design reliabilities; (and)
(iv) weight and power estimates.

(3) Provide estimates of schedule, cost, and proba-
bility of success, including success of partial missions,
for each of the systems developed ... above, and indicate
the trade-offs involved.

1.2 CONSTRAINTS

The constraints which have been observed in the study are in-
dicated in the listing below. The first and third items are quo-
tations from the Jet Propulsion Laboratory Statement of Work No.
1285, and the source of the second item is indicated therein.

(1) Mission accomplishment shall be during the 1973 through
1980 time period. State-of-the-art applicability for design con-
cepts evolved by this study shall consider development lead-time
requirements for the time period of interest.

(2) Missions shall be compatible with at least one of the
following launch vehicles: (i) Atlas SLV3x/Centaur/HEKS; (ii)
Titan IIICx/Centaur; (iii) Saturn IB/Centaur/HEKS; (iv) Saturn V;
and (v) Saturn V/Centaur. The performance and physical charac-
teristics of these vehicles to be used by this study shall be as
described in the Jet Propulsion Laboratory Technical Direction
Memorandum No. 1, Contract 951285, 7 January 1966,
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(3) Compatibility with the Deep Space Instrumentation
Facility (DSIF), as described in the Jet Propulsion Laboratory
Technical Memorandum 33-83, Revision 1, dated 24 April 1964
(shall be maintained).

1.3 TECHNICAL APPROACH

The technical approach which was formulated by General
Dynamics and followed in order to meet the objectives and to per-
form the tasks outlined in subsection 1.1 is illustrated in Figure
1.3-1. First, all aspects of a Jupiter flyby mission relative to
launch vehicle requirements, scientific accomplishment, and space-
craft performance were examined. Subsequently, spacecraft systems
which are capable of carrying out selected groups of mission ob-
jectives were designed. In the final phase of the study, each
spacecraft concept was evaluated in terms of its mission capabilities
and the ramifications of its implementation. The study approach
shown in Figure 1.3-1 was based on the interpretation of the study
objectives and tasks discussed below. This brief discussion of
study objectives and tasks is intended to complement the study task
description in subsection 1.1.

1.3.1 Mission Planning

The Mission Planning phase was designed to supply the infor-
mation required for spacecraft design. The primary objectives
were (1) to describe possible scientific requirements in the Science
Subsystem Definition task, and (2) to determine mission performance
requirements in the Mission Analysis task.

The definition of science subsystems was accomplished by
considering as candidate experiments all interplanetary and plane-
tary experiments which (1) have been previously established as
feasible in existing literature, (2) satisfy one or more of the
mission objectives outlined in subsection 1.1, and (3) are appli-
cable to a Jupiter flyby mission. Each of these experiments was
described in terms of the required instrumentation and the asso-
ciated requirements for the various spacecraft subsystems. From
these experiments, several 'packages' were made up which are
representative of different levels of scientific capability. These
experiment packages were selected to provide design points for
spacecraft subsystem studies.

The Mission Analysis task was directed toward the identifica-
tion of characteristics of Earth-Jupiter heliocentric, ballistic
transfer trajectories in order (1) to support spacecraft design
studies, and (2) to evaluate launch vehicle payload capabilities.
In keeping with the constraints listed in subsection 1.2, this
work was limited to launch dates in the 1973-1980 time period and
to the Atlas SLV3x/Centaur/HEKS, Titan IIICx/Centaur, Saturn IB/
Centaur/HEKS, Saturn V, and Saturn V/Centaur launch vehicles.
Jupiter encounter trajectories were analyzed in detail to provide
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data pertinent to subsystems design and "'aim point' selection.
Post-encounter trajectories were also considered in terms of
their effecton aim point selectionm.

1.3.2 Spacecraft Systems Design and Analysis

The Spacecraft Systems Design and Analysis phase entailed
the establishment of a design iteration loop which resulted in
spacecraft design concepts based on mission objectives and re-
quirements defined in the Mission Planning Phase. The study tasks
included Spacecraft Subsystems Studies, Reliability Analysis, and
Spacecraft Design.

Spacecraft Subsystem Studies were conducted on each of the
various subsystems which together comprise a complete spacecraft.
Studies in the following technological areas were required: (1)
communications, (2) navigation and control, (3) data management,
(4) spacecraft control, (5) midcourse propulsion, (6) attitude
control, (7) power, (8) thermal control. (9) radiation protection,
(10) meteoroid protection, and (1ll) structural and mechanical pro-
visions.

The effort in the Reliability Analysis was directed toward
estimating and enhancing reliability at the subsystems level and,
finally, at the integrated spacecraft level. Although it was
treated as a separate study effort. the Reliability Analysis
task was an integral part both of t..e Spacecraft Subsystems Studies
and the Spacecraft Design tasks.

The task in Spacecraft Design was to integrate selected sub-
system design concepts into spacecraft design concepts. Configu-
ration designs for these concepts were then determined.

1.3.3 Spacecraft Concept Evaluation

In the third phase, Spacecraft Concept Evaluation, the space-
craft design concepts resulting from the second study phase were
considered in terms of mission capability and implementation re-
quirements. Specifically, this work entailed the evaluation of
mission performance characteristics, the probability of mission
success, development requirements, and cost. In each case, the
task was basically one of combining the appropriate results of
mission and subsystems studies in order to obtain information
related to an integrated spacecraft. The results of these studies
served as a basis for an evaluation of the merits of each concept,
not as a means of selecting one spacecraft design concept rather
than another.

1.4 DESIGN PHILOSOPHY
In performing the Jupiter Flyby Mission Study, it has some-

times been necessary to choose an approach to spacecraft design
without recourse to extensive analyses. Such choices have often
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been based on design philosophies, and the more important of
these philosophies are outlined in detail in this subsection.

The primary guideline employed in conducting the study was
the requirement to 'consider a range of alternate design concepts."
In consequence, spacecraft designs which represent scientific
capabilities ranging from "minimal" to "full'" were considered.
From the studies of scientific missions for Jupiter flyby space-
craft, it was determined that three more or less distinct levels
of scientific capability can be identified. The spacecraft
requirements associated with these levels were used as starting
points in spacecraft design.

Next, the various spacecraft design approaches were examined.
It became apparent that the basic choice among design approaches
was that stemming from the method of spacecraft stabilization,
i.e., the choice between spin and three-axis stabilization.
Although from the standpoint of planetary scientific investigations
a spin-stabilized spacecraft is not the optimum vehicle, it was
considered necessary to include a spin-stabilized spacecraft in the
range of alternate design concepts to be considered in the study

because of advantages that possibly could be realized in other areas.

By combining the three levels of scientific capability and the
two approaches to stabilization, and by taking the scope of the
study into consideraticn, four basic spacecraft concepts were
selected to serve as the basis for conceptual designs: (1) a spin-
stabllized spacecraft with a science complement compatible with the

stabilization mode, (2) a three-axis-stabilized spacecraft exhibiting

a minimal scientific capability, (3) a three-axis-stabilized space-
craft to support an intermediate science package, and (4) a three-
axis-stabilized spacecraft with a full scientific capability. These
are referred to in this report as Spacecraft Design Concepts A, B,
C, and D, respectively.

After the four basic design philosophies were established, it
was necessary to develop a design approach for each of the four
selected concepts. In the following subsections, the philosophies
and the manner in which they were evolved are described.

1.4.1 Spin Stabilization

A spin-stabilized spacecraft is of interest in this study for
reasons of spacecraft simplicity. The long flight times associated
with Jupiter flyby missions indicate the definite need for highly
reliable spacecraft, and simplicity is tantamount to achieving high
reliability. An attempt is made in Figure 1.4-1 to indicate the
more feasible of the many design alternatives associated with spin
stabilization. The alternatives and the ultimate choices of design
philosophy made in the case of Spacecraft Design Concept A are
discussed below.

The planetary scientific capability of a spin-stabilized

spacecraft is limited to measurements of particles and fields
unless some form of stabilized platform is established at Jupiter

1-6
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encounter. The provision of such a platform is contrary to the
design philosophy of simplicity; therefore, Concept A is con-
sidered to be spin-stabilized from the time of initial spin-up
to its end-of-life.

Since the planetary scientific capability of the spin-
stabilized spacecraft is somewhat limited, the design philosophy
can be established more completely. Specifically, the cost of
the spacecraft should be low; little or no advanced development
should be required; and the spacecraft should be compatible with
an inexpensive launch vehicle.

The method of spin stabilization employed on deep-space
probes during cruise definitely affects the spacecraft-to-Earth
communications capability. For communication distances as great
as those experienced by Jupiter flyby spacecraft, a highly dir-
ectional spacecraft communications antenna is desirable. To
implement this type of antenna, a means must be provided to
point the antenna in a specified direction. One method is to
orient the spin-axis ih the plane of the ecliptic so that it
either continuously points toward the Sun or continuously points
toward the Earth. In the former case, the antenna must utilize
a rather large beamwidth in order for spacecraft-to-Earth com-
munications to be continuous throughout the mission. The latter
case allows a very high gain antenna to be used; however, the
implementation of the Earth-pointing orientation entails sub-
stantial increase in complexity. In either case, the spin-axis
must be continuously reoriented by an active precession control
system, and an additional degree of complexity contrary to the
original design philosophy is required. For this reason, the
two concepts were not considered further in the evolution of
Design Concept A.

The other methods of implementing spacecraft-to-Earth com-
munications with spin stabilization involve the use of antennas
which are based on a spin-axis which is essentially perpendicular
to the ecliptic plane. The two primary types of antennas for
this application are despun antennas and toroidal-beam-pattern
antennas. The use of despun antennas offers the possibility of
higher gains; however, they are relatively undeveloped, and thus
they were eliminated from further consideration for Concept A.
Consequently, a toroidal-beam antenna, with the associated spin-
axis orientation normal to the ecliptic, is employed for spaceecraft-
to-Earth communications for Design Concept A.

In the study of navigation and guidance, it was determined
that a trajectory correction for a Jupiter flyby mission is very
desirable regardless of the simplicity of the scientific complement.
The planetary data which could be gained without a trajectory cor-
rection do not appear to be significant. Thus, it was determined
that Concept A should be capable of performing a midcourse cor-
rection. In this case, one of the design alternatives is (1) to
spin the spacecraft immediately following separation from the
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launch vehicle, (2) to orient the spacecraft spin-axis properly
by means of some form of precession control system, and then

(3) to perform a trajectory correction while the spacecraft is
spinning. The last event is accomplished either by a Sun-line
correction or by a Sun-line correction in conjunction with a
series of phased pulses. The precession control system is state-
of-the-art; however,both of the methods of trajectory correction
are at present undeveloped.

The other design possibility is to include in the design a
complete three-axis attitude control system such as the one used
on Mariner IV. This method of attitude control is employed after
separation and through the midcourse correction. It is also used
to orient the spacecraft spin-axis precisely prior to spin-up and
after the midcourse maneuver. Because the use of this system
does not result in spacecraft physical characteristics which are
substantiallv different from those associated with the systems cio-
cussed 1n the above paragraph, and because the method is definitely
state-of-the-art, it was chosen for Design Concept A.

In summary, Spacecraft Design Concept A is spin-stabilized
throughout the cruise and encounter mission phases with the spin
axis oriented approximately normal to the ecliptic. The space-
craft is three-axis stabilized for the initial phases of the
mission. During this time, a three-dimensional trajectory cor-
rection is made, and the spin axis is properly oriented prior to
spin-up.

1.4,2 Three-Axis Stabilization

The three spacecraft design concepts utilizing three-axis
stabilization which are described in this report are all charac-
terized by essentially the same general design approach. There
are, however, several design alternatives which were seriously
considered for incorporation in one or more of the spacecraft.
The aggregate of these alternate approaches is depicted by
Figure 1.4-2. 1In the following paragraphs, these approaches are
discussed, and the design philosophy followed in the case of
each of the three-axis stabilized spacecraft is indicated.

The possible design choice of a two-axis stabilized space-
craft with the roll rate simply nulled by viewing the relative
motion of the spacecraft with respect to stars is not depicted
in Figure 1.4-2. Although the use of this concept affords a
degree of simplicity in attitude control electronics which is
greater than that of the fully stabilized vehicle, it also
entails a penalty, or even an incapability, in pointing a com-
munications antenna, in pointing scientific sensors at Jupiter,
and in performing a trajectory correction. On the other hand,
the fully stabilized spacecraft approach is state-of-the-art,
and although it is based on a more sophisticated design philosophy,
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it is indicated that there is sufficient justification for using
this approach because of the capability attainable in terms of
mission performance.

As shown in Figure 1.4-2, there is a design alternative in
the selection of the orientation of the body-fixed spacecraft
axes during the cruise phase of the mission, i.e., the choice of
continuously pointing one axis at the Sun or continuously tracking
the position of the Earth with one axis. The advantage of the
latter is that a body-fixed, high gain communications antenna can
be incorporated into the spacecraft design. The attendant dis-
advantage is that a high degree of angular motion must be provided
in the Sun and star sensors (particularly the star tracker) even
to allow the spacecraft one degree of freedom of movement.

In the Sun-pointing spacecraft approach, three antenna concepts
can be emploved. The first is a body-fixed communications antenus.
The use of this design approach dictates a very wide beam antenna
in order to allow spacecraft-to-Earth communications during at
least a major portion of the cruise phase. The second antenna
concept is also body-fixed to the spacecraft, but it incorporates
a variable beamwidth, or beam spoiling, feature to provide the
large beamwidth necessary during the cruise phase and the high
gain required at extreme communications distances. At present,
such an antenna with suitable performance has not been developed.
The third antenna design approach related to a Sun-pointing space-
craft is an antenna which is either mechanically or electronically
steered. The mechanically steered rather than the electrically
steered antenna was selected for purposes of this study because
of the relative simplicity and more advanced stage of development
of the former.

In consequence, a choice exists among the following four
antenna concepts: (1) body-fixed, Earth-pointing, (2) body-fixed,
Sun-pointing, (3) body-fixed, variable beamwidth, and (4) mechani-
cally steered. The variable beamwidth antenna was eliminated on
the basis of its stage of development. Also, it was determined
that by adding just one degree of freedom of movement to an
antenna, the resulting possible bit rates are at least four times
larger than those which are possible with a body-fixed, Sun-pointing
antenna. This reason was considered to be sufficient for elimi-
nating the body-fixed Sun-pointing antenna as a possible design
approach. The choice between pointing the spacecraft at the Earth
or steering the antenna relative to the spacecraft was made in
favor of the steerable antenna because of its relative simplicity
of implementation in comparison with implementing the steerable
spacecraft concept.

A major design philosophy also had to be established in regard
to the attitude orientation mode of the spacecraft at encounter.
In selecting an appropriate design approach, the influence of the
characteristics of Jupiter encounter trajectories were very
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important; e.g., the planet occludes both the Sun and Canopus
as seen from the spacecraft under most expected approach
conditions, and the large mass of Jupiter results in encounter
hyperbolas which are quite pronounced. The choice of design
approach is also dependent on the design philosophy associated
with the communications antennas (see Figure 1.4-2).

Basically, there are two possible modes for use in Jupiter
encounter orientation. In one, the spacecraft continues in the
Sun-pointing attitude employed during the cruise phase. 1In the
other, it is reoriented to the local Jupiter vertical in order
to use Jupiter as a primary reference.

An important design alternative is associated with the
latter case. It stems from the question of whether to retain
spacecraft-to-Earth communications during the encounter (except
for the period of Earth occultation by Jupiter). If spacecraft-
to-Earth communications are to be maintained, the communications
antenna must be capable of turning through an angle of approxi-
mately 270 degrees at a fairly rapid angular rate. As a result,
stringent requirements are imposed both on the spacecraft
configuration and the steering mechanism.

One solution to this problem is to suspend communications
during the encounter portion of the mission. The science
complements for three-axis stabilized spacecraft are such that
enough data will be gathered at encounter to require a data
storage capability. Therefore, the suspension of all communi-
cations during encounter results in only a slight increase in
data storage requirements; the spacecraft itself will be
relatively unaffected. The disadvantages of this concept are
the loss of tracking data and an occultation experiment and the
undesirable psychological effect of not being in contact with
the spacecraft during this critical phase.

The mode of encounter orientation affects the selection of

the platform from which planetary scientific sensors are pointed.

In the case of the Sun-pointing attitude at encounter, it is
possible to use an essentially fixed scan platform such as that
used on Mariner IV. However, if the scientific instruments
dictate pointing requirements other than those associated with

a simple pass across the face of the planet, a scan platform
with approximately 270 degrees of motion in one degree of
freedom and approximately 30 degrees of motion in another degree
of freedom is necessary to accommodate such requirements. On
the other hand, the use of a fixed-scan platform in connection
with a Jupiter-pointing attitude is obviously possible.

In determining the desirability of the various spacecraft
orientation concepts during the encounter phase, the modes of
spacecraft operation and spacecraft maneuvers required during
encounter are major considerations. For the Sun-pointing
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attitude, inertial control is used during occultation of the
primary attitude references, After the occultation periods,
these references must be reacquired, but this probably will

not constitute a major maneuver,

In the case of the Jupiter-pointing attitude, the space-
craft must acquire this attitude prior to beginning the
encounter phase. The acquisition can be accomplished without
a major maneuver; i.e., Jupiter is acquired at some distance
from the planet simply by turning on a properly placed planet
sensor and Jupiter is then made the primary attitude reference
without an acquisition maneuver. However, after the encounter
period, the spacecraft must reacquire the Sun and Canopus.
Since the spacecraft has turned through approximately a 270
degree angle, the reacquisition of these references constitutes
a major maneuver. The reacquisition must be successfully
accomplished in order to play back the data taken during
encounter; thus, this maneuver is very critical.

After the advantages and disadvantages of the various
encounter orientation modes were considered and evaluated,
the Sun-pointing orientation with inertial control during Sun
and Canopus occultations was selected for incorporation into
the three-axis stabilized spacecraft design concepts synthesized
in this study. The choice of scan platform and communications
antenna characteristics varies as a function of the scientific
complement associated with the individual spacecraft design
concepts.

1.5 SUMMARY OF RESULTS

The results of this study indicate that a flyby mission to

the planet Jupiter is definitely feasible during the 1973-1980
time period. In determining this feasibility, the general
characteristics of Jupiter missions were surveyed in terms of
scientific objectives and trajectory considerations. Subse-
quently, spacecraft subsystem designs which are applicable to

a Jupiter flyby spacecraft and compatible with the various
scientific and mission performance requirements were evolved.

The subsystems were integrated into four spacecraft design
concepts which represent a range of alternate concepts. The
four spacecraft were individually evaluated in terms of launch
vehicle requirements, probability of mission success, develop-
ment requirements, and program costs.

A design summary of each of the four spacecraft design

concepts is included at the beginning of subsections 5.1, 5.2,
5.3, and 5.4 of Section 5, "Spacecraft Design Concepts."
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SECTTION 2
MISSTION PLANNING

In this section, the studies devoted to scientific endeavors,
the trajectories, and the launch vehicles applicable to flyby
missions to Jupiter are described. To a large degree, the results
of these studies are indicative of the performance requirements
for Jupiter flyby spacecraft.

2.1 SCIENCE SUBSYSTEM DEFINITION

As a part of the present study of flyby missions to Jupiter,
a spectrum of scientific experiments has been defined in order
to derive estimates of the engineering requirements and constraints
imposed by the science payload on other spacecraft systems. Al-
though the actual definition of the science payloads to be used
in a mission of this type will be determined by NASA and NASA
advisors at a later date, it is necessary to define relatively
realistic approximations at the present time so that the effects
of the science package on the other study parameters can be
evaluated with reasonable confidence in their validity.

The following subsections contain descriptions of the phy-
sical phenomena to be studied, as dictated by the mission objec-
tives identified in subsection 1.1, and the scientific investi-
gations required to pursue such objectives. The characteristics
of the instruments necessary to perform these investigations are
described in both narrative and tabular form. To provide design
points for spacecraft design, several instrument groupings are
defined as possible mission payloads.

2.1.1 Summary of Observations of the Planet Jupiter

The orbital and physical characteristics of Jupiter have
been determined from astronomical observations of the planet and
its satellites. Some of these characteristics which are summar-
ized in Table 2.1-1 are known with a fair degree of accuracy,
e.g., the orbital period and the planetary mass. Others, such as
the rotation rate of the solid planetary surface or the planetary
flattening, are only approximate because Jupiter is obscured by
cloud layers of indefinite thickness and no actual planetary
surface is observed.
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Table 2.1-1 ORBITAL AND PHYSICAL CHARACTERISTICS OF JUPITER

Distance, Jupiter to Sun (max.) 817 x 10° km (508 x 106 miles)
Distance, Jupiter to Sun (min.) 740 x 109 km (460 x 106 miles)
Distance, Jupiter to Earth (max.) 967 x 10° knm (601 x 106 miles)
Distance, Jupiter to Earth (min.) 591 x 10°® km (367 x 10® miles)
Angular Diameter, From Earth (max.) 50 sec
Angular Diameter, From Earth (min.) 31 sec
Eccentricity of Orbit 0.0484
Inclination of Orbit to Ecliptic 1.03 deg
Inclination of Equator to Orbital Plane 3.01 deg
Orbital Period (sidereal) 11.86 years
Orbital Period (synodic from Earth) 399 days
Average Orbital Velocity 13.1 km (8.12 miles) _per sec
Radius (average), Rj 69 x 103 kg, (43 x 103 miles)
Mass 1.902 x 10
Average Density 1.35 gms/cm
Gravitational Acceleration

at Poles 26.0 meters (85.2 feet) per sec per sec
Escape Velocity 61 km (38 miles) per sec
Rotation Period 9 hr 55 min

All of the information concerning Jupiter has been gathered
from visual observations, spectroscopic determinations in the
visible and infrared, and detections of radio emission. These
three regions of the spectrum can be observed from Earth, but
the data obtained from these regions is probably related only to
the upper levels of the atmosphere on Jupiter. More extensive
measurements of the electromagnetic radiation in the ultraviolet
and infrared portions of the spectrum could profitably be made
above the atmosphere of the Earth.

The albedo of Jupiter is relatively high, about 0.4, and
its angular diameter is relatively large, 31 to 50 seconds;
therefore, the planet is easily seen. When the disc of Jupiter
is observed by use of a telescope, it appears to be obviously
flattened, and significant limb darkening is seen. Jupiter
exhibits a number of alternate light and dark bands running
parallel to the equator. The light-colored, yellowish regions
are called zones, and the dark-colored bands are referred to as
belts. The belts have been observed as being dark gray or brown,
and occasional regions in these belts as blue, dark green, or
red. A broad equatorial zone is bounded by north and south
tropical belts which are followed by north and south tropical
zones. There are then a temperate belt, a temperate zone,
another temperate belt, and finally a polar region in each
hemisphere.
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The bands, which are believed to be clouds in the middle
levels of the Jovian atmosphere, are quite irregular in their
appearance. The temporary and variable nature of such features
indicates that movements are taking place within the cloud sys-
tem that surrounds the planet.

Most of the markings on Jupiter change fairly quickly.
There are, however, some of a more permanent nature, lasting
from periods of months to many years. One of the most striking
is the Great Red Spot which lies mainly in the south tropical
zone. It is an oval area, extending approximately 45,000 kilom-
eters in length and 13,000 kilometers in width. The visibility
varies in an irregular manner; at times the Red Spot is faintly
pink, but there have been periods of one to three years when it
has had a definite red color.

The nature of the cloud bands, of the Red Spot, and of
other apparent markings is still the subject of considerable
speculation.

The spectrum of the planet Jupiter has been extensively
studied in the visible and infrared regions. Positive identi-
fications of methane (CH,), ammonia (NH3), and the hydrogen
molecule (Hp) have been made. The abundances of these and other
possible constituents of the atmosphere are not well known.

Experiments involving the occultation of ¢~ Arietis have
been used to derive an atmospheric mean molecular weight of
M =334+ 0.5. Such a low value indicates that the bulk of
the atmosphere is composed of hydrogen and helium. In most
theoretical determinations of the Jovian atmosphere, neon and
argon are also considered present.

Powerful radio emissions have been detected from Jupiter.
The radiation falls into three wavelength regions: the cen-
timeter region, the decimeter region, and the decameter region.
In the first region, the radiation is believed to be mostly
thermal; in the latter two, nonthermal.

The radiation from Jupiter in the decimeter region has
been studied in the range from 10 to 68 centimeters. This
radiation, which is characterized by long-term variations, 1is
emitted continuously. The most satisfactory explanation of
this radiation is that it is emitted by high-energy electrons
spiraling around the lines of force of the Jovian magnetic
field. The electrons responsible for the emission are trapped
in radiation belts similar to the Van Allen zone in the Earth's
magnetic field. The observations could be accounted for by
synchrotron radiation if the strength of the magnetic field of
Jupiter in the emitting region is on the order of 10 gauss. The
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main emission appears to come from the equatorial regions of
Jupiter at distances from about 1.5 to 3.0 planetary radii.

The third type of radio-frequency emission from Jupiter is
in the decameter range from 10 to 30 meters. The emission occurs
in bursts. These bursts, which last a second or so, are gener-
ally observed in groups lasting for 5 or 10 minutes and occur-
ring continually over a period of a few hours. There is as yet
no satisfactory explanation of Jupiter's decameter radiation.
Several theories have been proposed to explain this emission.
The emission exhibits several of the characteristics associated
with lightning on Earth, but the energy from Jupiter is on the
order of a billion times greater. There is some evidence that
the radiation is of the cyclotron type originating high in the
Jovian atmosphere. Another possibility is that the bursts are
caused by plasma oscillations in a Jovian ionosphere.

2.1.2 Magnetic Field Measurements

The strong magnetic field of Jupiter offers an interesting
opportunity for investigation. The existence of a strong field
has been inferred from the examination of the nonthermal radio
emission from Jupiter, as discussed in the preceding section.
The most plausible description of the magnetic field of Jupiter
presently available is that the major part of the planetary
field is caused by a dipole component aligned at an angle of
about 10 degrees to the axis of rotation. The sense of the
dipole moment is believed to be opposite to that of the Earth.

Jupiter is a large and rapidly rotating planet. Large-scale
fluid or atmospheric motions are observed on the surface. 1If
convective fluid motions occur in the core, a hydrodynamic
dynamo may operate to produce a magnetic field. Accurate meas-
urements of the magnitude and orientation of the Jovian magnetic
field would contribute to a quantitative refinement of the
dynamo theory.

The intensity and the spatial distribution of a planet's
magnetic field control a number of important phenomena. The
size and shape of the cavity in the solar wind containing the
magnetosphere of a planet is determined by the deflection of
the plasma flow by the planet's magnetic field. The energy dis-
tribution of energetic particles incident on a planet is also
controlled by the planet's magnetic field. Many of the phenom-
ena related to magnetic storms and auroras on Earth are related
to the geomagnetic field. The latitude of maximum occurrence
of auroras on the Earth is apparently determined by the outer
boundary of the region of trapped radiation in the Earth's
magnetosphere. Particles that enter the atmosphere to produce
auroras are either accelerated within the magnetosphere or are
injected into the magnetosphere from the solar plasma.
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Knowledge of the distribution and variation of the magnetic
fields of planets permits useful inferences concerning their
interiors. For example, studies of geomagnetic data have shown
that (1) motions of material are probably going on within the
Earth; consequently the existence of a fluid core is suggested;
(2) changing electric currents and winds in the upper atmosphere
induce changing earth currents; consequently, the electrical
conductivity of the Earth's crust is indicated; (3) parts of
the Earth have different structures, i.e., mineral deposits,
ocean floors, etc.; and (4) the field is self-maintained.
Similar results should be obtained from measurements of the
Jovian magnetic field.

A planetary magnetic field causes a transition region to
exist between interplanetary space and the region close to the
planet. In the generally accepted theories which are supported
by a few measurements of the geomagnetic field at tems of Earth
radii, the existence of a characteristic transition region called
the magnetopause is predicted. This magnetopause separates the
planetary field from the ionized component of the interplanetary
medium. The planetary magnetic field is confined to a tear-drop
shaped cavity inside the interplanetary gas.

An estimate of the extent of Jupiter's magnetosphere can
be made in the following way. If Jupiter were not rotating, and
if the flow of the solar wind were laminar at Jupiter's orbit,
then the magnetospheric envelope would be tear-drop shaped, with
a stagnation point at the front. If an inverse square dependence
upon distance is assumed, the energy density of the solar wind
at the orbit of Jupiter is about 1/25 that at the orbit of Earth.
Then, if the magnetic field near Jupiter's surface at the equa-
tor is in the vicinity of 20 gauss, the distance of the stag-
nation point from the center of the planet is 60 Ry, where Rj
indicates a distance of one Jovian radius.

Actually, however, the rotation of the field must exert a
great influence on the boundary location. If the solar-wind
velocity is disregarded and it is assumed that Jupiter is ro-
tating in a sea of stationary plasma, the plasma will possess
an apparent circulatory motion relative to the field. At the
magnetospheric boundary, the apparent kinetic energy density of
the plasma must be approximately equal to the magnetic energy
density:

=4
4 = () em
J

co H,j



where R is the approximate distance from the center of the

planet to the magnetospheric boundary in the equatorial plane; -
He 1s the equatorial magnetic field at the Jovian surface;

1s the angular velocity of rotation; n is the number density

of protons; and my is the mass of a proton.

If n at Jupiter's orbit = .4 cm™3, then
R x SORJ

Although the actual situation is much more complicated, such an
estimate seems reasonable, -

The great strength of the Jovian magnetic field and the
flyby trajectory should enable such measurements to be made at -
points well inside the magnetopause. Such measurements would
be used to determine the geographic and altitude dependence of
the undisturbed planetary field. It might then be possible to
infer the multipolarity of the source and its orientation with
respect to the planetary rotation axis.

A second objective set for a magnetometer experiment is the
measurement of the interplanetary magnetic field. Preliminary
measurements beyond the magnetopause of the Earth indicate that,
approximately 20 percent of the time, magnetically quiet condi-
tions prevail in the steady interplanetary field of approximately
3 gamma. Accurate measurements of this field will contribute to
our understanding of the dynamics of the solar system. It will
also be possible to study the long-period fluctuations in the
interplanetary magnetic field. These data could lead to impor-
tant information about solar disturbances and about the existence
of hydromagnetic waves or magnetized plasmas in interplanetary -
space and to estimates of the kinetic energy density of the
interplanetary plasma.

Ideally, a space magnetometer would be used to measure the
magnitude and orientation of the magnetic field vector with an
absolute accuracy of a fraction of 1 gamma. It would be used to
provide measurements over a range in field magnigude between about
10 gauss near the Jovian surface to 1 gamma (10~ gauss) in inter-
planetary space and to record fluctuations of the vector field
over a frequency range between zero and several thousand cycles -
per second. This instrument would be light-weight, exhibit low
power consumption, and be unaffected by shock, vibration, and
extremes of temperature. Unfortunately, like most utopian designs,
none of the instruments presently available meets all of these
specifications. The magnetometers which seem most suited for
use in a Jupiter flyby mission are the helium, rubidium, or
cesium vapor-type magnetometers. -
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The physical principle underlying the operation of the
helium magnetometer involves the transparency of a plasma of
metastable helium atoms to a beam of resonant radiation at
1.083 v wavelength and the dependency of this transparency on
magnetic fields. Although this type of magnetometer is very
accurate and stable, it has a relatively low dynamic range and,
as such, its application is limited for a Jupiter flyby mission
since it must be used with another instrument.

A self-oscillating rubidium or cesium vapor magnetometer,
may be developed which is capable of operating over the entire
range of magnetic field encountered. Such a development is with-
in the present state of the art if internal electronic switching
is used. An instrument of this type may operate in a range of
from 3 to 30,000 gammas with an accuracy of about 0.1 gamma and
in a range of 0.25 to 10 gauss with an accuracy of about 20 gammas.

One objection to the use of this type of magnetometer is
that the self-oscillation continues only under optimum conditions
of vapor pressure temperature, 25° to 45°C; consequently, en-
vironmental temperature control within these limits is required.

Although it may become apparent that the advantages inherent
in using a single instrument outweigh the present advantages of
using two instruments (such as better accuracy), for purposes of
this study two magnetometers, i.e., two separate sensors sharing
a common electronics package, will be utilized in the scientific
definition.

The electronics package may be mounted in the main part of
the spacecraft. It would weigh about 5.0 pounds and require
about 7.0 watts of power. The two sensing elements would weigh
1.5 pounds each.

In order to minimize the magnetic background from the space-
craft and its components, each of the two magnetometer sensors
should be placed at an extreme extension of the spacecraft. As
a general rule, the background field should be less than 0.5
gamma; consequently, every component placed on the payload should
be magnetically checked and shielded if necessary. 1If absolutely
necessary, highly coercive magnets may be appropriately located
in the main body of the spacecraft to cancel the spacecraft field
at the magnetometer.

2.1.3 The Detection of Charged Particles
in Interplanetary and Planetary Regions

During a Jovian flyby mission, high-energy radiation will

be measured over a relatively long time and over significantly
varying spatial coordinates. These two features will allow the
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collection of information useful for understanding the nature,
origin, and behavior of such radiation. An approximate classi-
fication of the energy ranges of corpuscular radiation is pre-
sented in Table 2.1-2. The extension and propagation of solar
coronal material, i.e., the solar wind, would consist of ions
and electrons exhibiting energies less than 30 keV, the mean
thermal energy of the Sun.
Table 2.1-2 ENERGY RANGES OF CORPUSCULAR RADIATION

EXTRA - GALACTIC COSMIC RAYS

Nucleonic >1017 ev
GALACTIC COSMIC RAYS

Nucleonic 107 - 1016 ey

Electronic >10° eV
SOLAR COSMIC RAYS

Nucleonic > 1012 ov

Electronic 103 - 107 ev
TERRESTIAL RADIATION BELTS

Nucleonic 103 - 109 ev

Electronic 103 - 107 ev
JOVIAN RADIATION BELTS

Nucleonic 100 - 109 ev

Electronic 100 - 108 ev
TERRESTIAL AURORAE

Electronic 103 - 10° v
JOVIAN AURORAE (?)

Electronic 104 - 100 ev
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Much of the electromagnetic radiation and most of the par-
ticles emitted by the Sun and other sources never reach the
surface of the Earth (or Jupiter) because of the protection of
the atmosphere and magnetic field. Although the mechanisms of
the trapping of charged particles are not well understood,
extensive radiation belts around the Earth are believed to be
caused by the interaction between the upper atmosphere of the
Earth, the geomagnetic field, and the incoming corpuscular
radiation. These trapped charged particles spiral back and
forth along the lines of force of the magnetic field. The par-
ticles are predominantly, and perhaps exclusively, protons and
electrons. From an analysis of radio emission from Jupiter,
two radiation belts have been inferred. One is centered at a
distance of 1.5 planetary radii from the center of Jupiter.

The other extends from about 2 to at least 3.5 planetocentric
radii. The most reasonable estimate is that the latter belt
consists mostly of electrons with energies in the range of 1 to
10 MeV. Measurements of energy spectra in the Jovian radiation
belts would provide a fruitful source of information in itself
and also be applicable to still unresolved questions concerning
the terrestrial radiation belts.

The corpuscular radiation, which is probably a source of
the planetary radiation belts, is of primary interest in inter-
planetary space. Throughout the universe, certain physical
processes result in the formation, ionization, and acceleration
of matter. The motion of these charged particles results in
the formation of magnetic and electric fields. The further
interaction of these moving particles with other magnetic and
electric fields results in their further acceleration. Conse-
quently, there exists a whole continuum of charged Earticles
which exhibit energies from thermal to at least 1021 ev and
nuclear structures from that of hydrogen (single protons) to
that of heavier materials (at least iron).

Galactic cosmic rays are those particles which are accel-
erated outside of our solar system and arrive with energies
greater than about 10 MeV per nucleon. The features of galactic
cosmic rays which are most easily investigated are (1) their
energy and charge spectra and (2) the changes of their charac-
teristics with time.

The Sun is also a source of cosmic rays. When a solar
flare occurs, a tongue of high-energy particles erupts from the
Sun's surface. The charged particles drag along the lines of
the solar magnetic field which become frozen into the cloud.

As the force lines become distended, they lose their strength.
The field is still strong enough, however, to cause a partial
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screening of that portion of the solar system containing the
Earth from the galactic cosmic rays.

The composition of the primary cosmic radiation striking
the top of the Earth's atmosphere is approximately 85 percent
hydrogen; 12 percent helium; 1 percent in the carbon, nitrogen,
and oxygen group; 0.25 percent in the lithium, beryllium, and
boron group; and 0.25 percent in the neon and heavier groups.
The flux of nuclei in the Li, Be, B, and C-N-0O and heavier
groups is greater than would be expected from present estimates
of stellar abundances. There are practically no data on the
primary cosmic-ray electrons and positrons. Further measure-

ments would help to differentiate solar and extrasolar abundances.

It appears reasonable to assume that the flux of cosmic rays
incident on the solar system is constant. In the vicinity of
Earth, however, large modulations are observed, and they appear
to be controlled by solar activity. The two most important
types of modulation are the ll-year variation and the Forbush
decrease. It was first noted by Forbush that the cosmic-ray
intensity varied inversely with the solar activity correspond-
ing to an ll-year cycle. Forbush also observed the rapid world-
wide decreases in cosmic-ray intensity associated with some
types of solar magnetic flares.

The modulation effects are interpreted as being caused by
large-scale wvariations of the solar magnetic field. Increases
of the magnetic field strength near the Earth result in the de-
flection of the lower energy particles before they penetrate
this field. This interplanetary field arises from two sources.
A relatively steady magnetic field is the result of the stream-
ing plasma from the Sun. The Forbush decreases are caused by
somewhat more localized fields generated as a result of large
solar flares.

Cosmic rays play a major role in the physical processes
taking place in the Universe. The energy density of galactic
cosmic rays is of the same order of magnitude as the kinetic
energy of interstellar matter and the magnetic energy density
in interstellar space.

One of the most fundamental questions to be answered by
future exploration of interplanetary space is that of the galac-
tic cosmic ray flux in interstellar space. It is now believed
that these cosmic rays play a significant role in the dynamics
of the universe, and a knowledge of their flux is required to
construct a more realistic cosmological model.
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In connection with the physics of the Sun and the circum-
solar space, it will be interesting to determine (1) the con-
ditions required for the propagation of galactic cosmic rays
within the limits of the Solar System and (2) the mechanisms
which are responsible for the generation, composition, and
conditions of propagation of solar cosmic rays.

A cosmic-ray detector, i.e., a charged-particle detector,
will be used

1. To monitor solar, galactic, and extragalactic cosmic
rays in interplanetary space and provide data for
the study of their angular distribution, energy
spectra, and time histories.

2. To search for magnetically trapped particles in the
vicinity of Jupiter and provide data for estimates
of their spatial distribution, energy spectra, and
identity.

3. To provide similar information concerning the Van
Allen belts, if desired.

Estimates of the charge spectra and chemical composition would
also be desirable, but these estimates could perhaps be obtained
from circumterrestrial or lunar experiments.

2.1.3.1 Particle Detectors

A large number of physical techniques are required for the
detection and analysis of the extreme energy scale of corpuscular
radiation. The most efficient of terrestrial detectors, such as
nuclear emulsion or electrostatic-magnetic analyzers, are ruled
out because of weight limitations. Three basic types of detectors
are under consideration:crystal, solid-state, and gas ionizing.
The use of a combination of these types would cover the range of
energies indicated in Table 2.1-2.

In all particle detectors, the interaction between a
sample (with associated electronics) and an incoming particle
is used as the basis of detection. The Cerenkov counter depends
on the production of Cerenkov radiation by the passage of
relativistic particles through a dielectric medium. Some varia-
tion of the particle-energy threshold is made possible by the
choice of the gas or liquid used as a sample. This detector,
as well as other detectors, is usually used in a coincidence
arrangement with one or more particle detectors to limit both
the kinds of particles detected and their energy range. Such
packages, which also restrict the physical path of detected
particles, are called telescopes.
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A similar detector, the scintillation counter, depends on
the production of fluorescent radiation (which can be monitored
by photomultipliers) by passing high-energy particles through a
suitably chosen crystal. Again, when a choice is made from a
number of organic or inorganic crystals, variations in energy
thresholds can be attained.

A relatively simply instrument which contains a gold-silicon
(Au - Si) surface barrier detector is available for measuring
protons. The sensitive elements of such a solid-state detector
are thin wafers of high-resistivity silicon with a very thin
film of gold evaporated on the front surface. A space-charge
region extends from the Au - Si interface into the bulk of the
silicon. The thickness of this region is adjusted (by adjusting
the potential difference across the wafer) to approximate equali-
ty with a particular proton energy range. A charged particle
incident on the detector will penetrate the thin gold film and
produce electron-hole pairs as it passes through the space-charge
region. The liberated ion pairs are swiftly swept apart by the
high electric field in the space-charge region; this action
results in a measurable voltage pulse proportional to the amount
of energy lost by the particle in passing through the sample.

A similar device is the semiconductor detector which is a
small crystal of photoconductive cadmium sulfide (CdS). The
sensitive element is approximately 2 millimeters square and be-
tween 0.1 and 0.3 millimeter thick. The electrical conductivity
of such a sample is proportional to the rate of the deposition
of energy of ionization in the crystal. If a constant voltage
is applied, the current flow through the crystal can be calibrated
in terms of energy flux.

A Neher-type ionization chamber consists of a spherical
volume of argon gas contained by a thin steel wall. This detec-
tor is used to measure the ionization produced in the argon by
all naturally occurring ionizing particles: those produced by
secondary particles generated in the spacecraft which can pene-
trate the chamber walls, and those caused by secondary parti-
cles generated in the ion-chamber walls and gas. The flux of
particles or current passing through the gas is easily measured
and correlated with an ionizing particle.

In the Geiger-Muller counter, the ionizing power of nuclear
radiations is also used as a basis for particle detection.
Extensive variation in relations between response and detected
particles are made possible through the use of various geometries,
shielding, and kinds of wall material.



Each type of radiation detector discussed above can, over
a large range, be adjusted to a minimum-threshold level of
energy. The use of any radiation detecting instruments on a
Jovian mission would involve two or more similar or dissimilar
instruments in a coincidence telescope arrangement. Such an
arrangement will serve to control the energy ranges accepted
and to discriminate quite effectively against gamma rays from
the Radioisotope-Thermalelectric-Generator (RTG). The radiation
from the RTG should pass at large angles to the axis of any
telescope so that electrons produced by the large gamma ray
flux will not be counted. Consequently, in the presently con-
sidered spacecraft design concepts, the sensors would be mounted
on the main body of the spacecraft. Shielding would be required
for a non-telescoping detector, either by using absorbing material
or by placing the detector at safe distance from the RTG units.
Because of the microsecond coincidence times in the associated
electronics, the flux produced by the RTG will be negligible
in comparison with the expected planetary and interplanetary
flux. Especially high fluxes of gamma rays and neutrons from
the RTG could be kept from the sensors by absorbers in the
vicinity of the detectors. The effects of the RTG in the science
subsystem are described further in subsection 3.9.

2.1.3.2 Energetic Particle Detector

In the case of planetary investigations, the energy range
of most interest would comprise the regime of magnetically trapped
particles, i.e., a few keV to a few MeV. Detectors which are
operated in this area would also yield information on the space
and time variation of galactic and solar cosmic rays in inter-
planetary space.

The "Trapped Radiation Detector' designed by Van Allen and
used on Ranger and Mariner flights is an extremely useful and
versatile instrument. A typical package for use in the measure-
ment of energetic particles contains a system of five detectors.
Herein, it is designated as the "Energetic Particle Detector."
The following discussion is derived from the experiment as used
on Mariner IV, but it can be regarded as representative of the
particle detector in a Jupiter flyby mission.

Three of the detectors, called A, B, and C, are Geiger-
Muller end-window counters which measure the total number of
charged particles passing through their sensitive volumes. The
sensitive volume of each tube is shielded so that low-energy
particles can enter only by passing through the window at the
end of each tube. Only higher-energy particles can penetrate
from other directions. If an allowance is made for the non-
directional counting of higher energy particles, a directional
measurement of the low-energy particles can be made.
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The other two detectors, D] and D2, are essentially one
unit, a silicon surface barrier diode. The detector is virtually
insensitive to electrons of any energy. Through amplitude dis-
crimination in the associated electronics, two levels of proton
energy discrimination are recognized.

A representative range of such an instrument is presented
in Table 2.1-3. Within limits, shielding could be used to vary
the listed operating regions.

In order to determine proper in-flight operation, the solid-
state detector is equipped with a source of 5.5 MeV alpha par-
ticles. The counting rate of each of the three Geiger tubes is
the sum of the rates caused by galactic cosmic rays, electrons,
x-rays, protons, alpha particles, and other particles, which pass
through their collimators; and, in some cases, by sidewall pene-
trations. Combinations of data from this system provide infor-
mation on absolute intensities, particle identification, energy
spectra, and angular distributions. In favorable cases, particle
identification is conclusive.

The five particle detectors of this experiment are combined
in one package of a total weight of 2.5 pounds. The power
required to operate the system is 0.4 watt. There are 4 sensors
mounted on a magnesium chassis. Detector A will be constructed
so that (1) the look-angle axis is directed at a 135-degree
angle to the probe-Sun line, (2) the full-look angle will be 60
degrees, and (3) no payload structure will obscure its conical
field of view. 1In Detectors B, C, and D, the look-angle axis
will be directed at a 70-degree angle to the probe-Sun line, the
full-look angle will be 60 degrees, and no payload structure will
obscure their conical field of view. The counters must be pro-
tected from direct sunlight during the trip.

A radiation detector could be made up of a group of instru-
ments different from those listed above. As a general rule, on
earlier missions, the use of Geiger-Muller (G-M) tubes rather
than the more sophisticated solid-state telescope coincidence
detectors or the very heavy Cerenkov or scintillation counters
would be preferred. The G-M tubes offer the advantage of
counting all energetic particles above a certain minimum-threshold
energy. Solid-state detectors are usually sensitive only to
protons in a rather narrow energy range. A further advantage
of G-M counters is that they recover quickly after being saturated
by radiation. The major disadvantage of G-M tubes is their lack
of energy resolution. This defect can be partly overcome by
choosing combinations of ionization tubes and Cd-Si detectors.

By pointing identical detectors in different directions,
directional information about the detected radiation can be ob-
tained. A telescope arrangement with a coincidence counting cir-
cuit, such as Dy and Dy above, could incorporate Geiger-Muller
tubes to provide discrimination against RTG-produced background
radiation.
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Table 2.1-3 ENERGY RESPONSE OF ENERGETIC PARTICLE DETECTOR

Detector Energy (MeV)

G-M Tubes

A Electrons 0.04
Protons 0.50
B Electrons 0.04
Protons 0.50
C Electrons 0.13
Protons 3.00
Solid State Detectors
Dq Protons 0.5- 11.0
Doy Protons 0.9- 4.0

2.1.3.3 Ion Chamber

Another particle detector system used on Mariner vehicles
consists of an ionization chamber, a Geiger-Muller tube, and
associated electronics. This system is used to detect and
measure the average omnidirectional flux of corpuscular radi-
ation between Earth and Jupiter by determining the average
specific ionization caused by this flux. It is also intended
for the measurements of trapped particles in the vicinity of
Jupiter.

Both the ionization chamber and the G-M tube detect
particles of the same energy, i.e., electrons of energy greater
than 0.5 MeV, and alpha particles of energy greater than 40 MeV.
Both sensors have omnidirectional sensitivity.

The Ion Chamber unit weighs 2.6 pounds. The power required
is 0.5 watt. The bit rate is 20 bits per sample. The two
sensors should be mounted as close together as possible so that
they receive a similar radiation flux. In order that the main
body of the spacecraft subtend the minimum solid angle with
regard to the detector, this unit should be mounted on a boom
away from the main chassis.
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Because of the large, sensitive volume of the ion chamber,
it is especially susceptible to background radiation from which
spurious counts are produced. Such counts could be produced by
the radiation from the Radioisotope-Thermalelectric-Generator
(RTG). Local shielding of the ion chamber could be provided by
covering the sensitive surface area of the chamber, but the
energy threshold of the detector would thereby be raised. A
more suitable solution can be obtained by extending the chamber
from the spacecraft body or designing it to measure fluxes so
large that the background radiation from the RTG would be negli-
gible and spurious counts would not be registered.

2.1.3.4 High-Energy Proton Directional Monitor

The high-energy proton directional monitor has been proposed
for obtaining information regarding the temporal, spatial, and
directional variations in galactic cosmic ray flux. A Cerenkov
or scintillation counter would be used to measure the fluxes of
particles which exhibit energy greater than 1 BeV.

The sensing units consist of four conical receptors; each
unit is provided with a look angle of 60 degrees. While the
location of this package is not critical, it must be mounted in
such a way that the view of each sensor is not obstructed by
the spacecraft.

The size of this unit has been estimated to be 3 by 4 by 4
inches. The weight is 4 pounds. The power required is 0.5
watt. Data handling is quite similar to that of the charged-
particle telescope described below; however, the bit rate is
60 bits per sample. The reliability of Cerenkov and scintilla-
tion counters would probably ensure that no in-flight calibra-
tion is required.

2.1.3.5 Cosmic-Ray Spectrum Analyzer

The cosmic-ray spectrum analyzer is designed to be used in
the study of the energy region of primary interest in the case
of solar and galactic cosmic rays. The energy range would
include 1 to 400 MeV protons. The objective of such an experi-
ment is to determine the intensity and flux gradient of charged
particles in interplanetary space as functions of nuclear
species and time. In order to measure the mass, energy, and
charge of high-energy particles, improved versions of inte-
grating and differential Cerenkov counters of the type used in
Russian satellites would have to be developed.

An estimate of the design characteristics of such an

instrument has been made by Professor Simpson of the University
of Chicago. The general design of the experimental package
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would be similar to that of the High-Energy Proton Directional
Monitor. The 4 sensors of 60-degree look angle must be appro-
priately mounted. For the case of the Mariner B spacecraft,
this cosmic-ray spectrum analyzer was to be 6 by 6 by 18 inches,
the weight being 18 pounds. The power required is 2.0 watts.
Data would be received at a rate of 70 bits per sample.

2.1.3.6 Medium-Energy Proton Directional Monitor

The medium-energy proton directional monitor is intended
as a secondary detector to back up both investigations of
cosmic rays and measurement to planetary radiation belts. The
design range is intended for the measurement of particles of
energy 10 to 30 MeV, but it can be easily extended to 3 to 50
MeV. The geometry and location requirements are identical to
those of the Cosmic-Ray Spectrum Analyzer. The size of such an
instrument, proposed for a Mariner B spaceflight, is 4 by 4 by 5
inches, the weight being 3 pounds and the power requirement
1.0 watt. Data would be taken at a rate of 60 bits per sample.

2.1.3.7 Charged-Particle Telescope

The charged-particle telescope was on board the Mariner IV
and functioned according to design specifications. This unit
consists of three Au-Si, surface barrier detectors, together
with aluminum and platinum absorbers. Two circular detectors,
D1 and D9, have surface areas of 2.4 square centimeters. The
area of detector D3 is 5 square centimeters. In detectors D
and D2, an acceptance cone angle of 40 degrees is provided for
the charged particles that are arriving. The geometrical
factor provided for D3 is determined by the exact location of a
necessary temperature control fin.

The counting rates of charged particles fall into three
intervals of particle energy. The ranges are listed in
Table 2.1-4.

Table 2.1-4 INTERVALS OF PARTICLE ENERGY

1 2 3
Protons 15-80 MeV 15-80 MeV 80-190 MeV
Electrons .18-.35 MeV none none
Alphas 2-60 MeV 60-320 MeV 320 MeV

The instrument is able to separate protons from alpha particles.
The complete package weighs 2.6 pounds; 0.6 watt is needed for
operation. The average information-bit rate for this experiment
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is 40 bits per sample. At periodic intervals, the instrument is
switched to a "calibrate'" mode in order to check the performance
of individual detectors.

The charged particle telescope must be mounted so that a
60-degree opening angle with apex at the front detector is not
obstructed in its view of space when it is pointed away from
the Sun. Within this cone angle lies the 40-degree opening
angle of the telescope. The package must be electrically
isolated from the spacecraft chassis except for a single wire
into the DAS. In the case of Mariner IV, a mechanical envelope
was used to provide a circular hole in the frame so that a
thermal radiating shield could maintain a low temperature for
the telescope.

2.1.3.8 Triple-Coincidence Cosmic-Ray Telescopes

A similar but more versatile instrument has been flown
successfully on Explorer VI and Pioneer V. This radiation
detector consists of an assembly of seven proportional-counter
tubes. Six of the counters are grouped in a concentric ring
around the seventh counter; the outer counters are connected
in two adjacent groups of three to form two triple-coincidence
telescopes.

The high-energy unit has a threshold of 75 MeV for the
case of a triple-coincidence count caused by protons and a
threshold for the case of electrons of 13 MeV. The threshold
for detection of electrons through their bremsstrahlung radia-
tion is approximately 200 keV. The thresholds for particle
detection by means of the low-energy telescope are approxi-
mately 10 MeV for the case of protons and 0.5 MeV for the case
of electrons.

The total weight of the coincidence telescopes is 9 pounds
and the total power requirement is 0.5 watt. Two telescopes
are placed so that their axes are normal to the probe-Sun line
in such a way that particles incident from the general direction
of the Sun can be seen by both high- and low-energy telescopes.

2.1.4 Solar Plasma Measurements

In addition to the solar cosmic rays produced by large
flares, a number of lower-energy charged particles are con-
tinuously given off by the sun. This production of plasma is
essentially a hydrodynamic expansion of the solar corona. This
stream of particles is termed the solar wind. An important
effect of the solar plasma is the distortion of the shape of
the geomagnetic cavity within which the Earth is located. This
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boundary is a rather sharply defined surface separating the
region within which the Earth's magnetic field exerts primary
control over the particle motion from the interplanetary region.
A similar transition region should occur in the vicinity of
Jupiter. This region would be one of the primary targets to

be observed by means of a solar plasma detector.

The interplanetary plasma, which is the solar wind,
consists of ionized hydrogen and helium whose energies range
from a few keV to hundreds of keV. The flux decEeases as the
distance from the sun increases; probably as 1/r<.

Outside the magnetopause, the main field of the Sun,
rather than the trapped field of the plasma, is dominant. The
solar wind carries part of the solar field with it and stretches
out the lines so that they are very nearly radial in the vicinity
of the Earth. A more accurate picture is given by consideration
of an Archimedean spiral, which results from the fact that the
field lines are carried around by the rotation of the Sun. This
is analogous to a rotating lawn sprinkler, which squirts water
out radially, but makes a spiral pattern in the air at any
instant of time. It may be that the solar wind is not smooth
and regular, but turbulent; in which case the magnetic field
lines trapped within it will become distorted. This phenomenon
should occur at some large distance from the Sun, probably well
beyond the orbit of Earth. The time and space variation of the
solar plasma between Earth and Jupiter would help to differentiate
between several theories of solar wind propagation.

The solar plasma experiment is designed to measure the flux
and energy spectrum of the positively charged components of
streams of solar plasma. The plasma flux measured by Pioneer V,
Mariner II, and IMP in the vicinity of 1 AU averaged about 108
ions per square centimeter-second; however, this value fluctuates
one or two orders of magnitude. This value corresponds to an
electrical current density of only 1.6 x 10-1l ampere per square
centimeter. At 5 AU, currents would be expected to be lower
by an order of magnitude; when the total current is divided
into several angle and energy channels, individual currents
(which are another order of magnitude below this level) could
be expected. The instruments developed for use in Maf%ner IT
and Mariner IV exhibit a threshold sensitivity of 10~ ampere
per square centimeter. This value should be extended one or two
orders of magnitude for the case of a flyby mission to Jupiter.

The plasma analyzer used on the Mariner IV was designed to
sample the plasma energy spectrum from 10 eV to 10 keV. This
probe consists of a solar-oriented electrostatic particle-
energy analyzer which selects the desired particles; a Faraday
cup that collects the charge of the particles which traverse



the electrostatic field; an electrometer circuit for measuring
the current caused by this collected charge; and a high-voltage
generating system, which consists of a programmer and a sweep
amplifier and is used to apply a sequence of voltages to the
analyzer plates.

The entire experiment is mounted on the main chassis of the
spacecraft; the entrance end of the analyzer plates is extended
and pointed toward the Sun. The weight of the unit is estimated
to be about 7 pounds. The power required is 2.5 watts.

2.1.5 Cosmic Dust Measurements

A knowledge of the spatial and temporal density of cosmic
dust between the Earth and Jupiter (particularly in the aster-
oidal and near-Jupiter regions) is of great importance, both
for understanding the sources and dynamics of these inter-
planetary particles and for the design of future manned and
unmanned spacecraft and equipment.

An understanding of the nature, origin, and dynamics of
the cosmic dust in interplanetary space is helpful in formulat-
ing any theory of the origin and evolution of the solar system.
There are at least four possible sources for these particles:

1. The disintegration of comets

2. The collisional fragmentation of larger solid bodies,
such as the Moon, the asteroids, or other planetoids

3. Interstellar particles which move through the solar
system

4. Primordial particles remaining from the formation
process of the solar system.

Prior to space exploration, small solid extraterrestrial
masses had been observed by recovering and examining meteors
and meteoritic dust which penetrated the Earth's atmosphere;
by visual and radar observations of meteor trails; and by
measurements of the zodiacal light, gegenschein, and solar
corona. With the advent of space flight, direct measurements
of the dust were conducted by means of space probes. These
initial studies revealed a higher concentration of very small
particles in the vicinity of the Earth than had been predicted
from the earlier studies. 1In addition, the existence of
particle "streams'" was indicated. Concentrations of cosmic
dust (of the very small particles) are thought to be dispersed
by the Poynting-Robertson and other drag effects, as well as
by the cumulative effects of small differences in the orbital
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elements of the individual particles. Any large concentration
of particles such as the '"streams" should therefore be of
relatively recent origin.

Measurement of the dust in interplanetary space, outside
of the Earth-Moon system, has been relatively limited. 1In
Mariner II, a crystal microphone detector measured only two
impacts on its interplanetary trip to Venus. This unit was
capable of measuring particles with a momentum dOYB to about
7 x 10-4 dyne-second (or to a mass of 1.4 x 10~ grams if a

relative velocity of 50 x 10° centimeters 8er second is assumed).
The flux was thus calculated to be 6 x 107° particles per square
meter-second-steradian. Mariner IV was capable of measuring
particles with a momentum of at least 6 x 10-5 dyne per second.
The data taken by means of this probe, which included over two
hundred impacts, indicated an increase in the flux level with

an increase in heliocentric distance from the Earth to a maxi-
mum of 3.3 x 10-% particles per square meter-second—steradian

at a distance of 1.36 to 1.43 AU from the sun to 1.8 x 10~
particles per square meter-second-steradian in the vicinity of
Mars.

The trajectory to Jupiter will extend a distance from the
sun of about 5 1/2 AU, will involve a path through the asteroid
belt, and will pass near to the planet, probably within the
orbits of its moons. Present data are insufficient to predict
what flux levels or average particle sizes will be encountered.

The cumulative influx rate of the micrometeoroids, as a
function of particle mass, has been observed near the Earth to
increase logarithmically with decreasing Earticle size down to
the Poynting-Robertson limit of about 10-11 gram. Whether or
not this relation, combined with the Mariner data, can be extra-
polated to define the micrometeoroid environment of the asteroid
belt and the Jupiter environs is not certain. It may well be
that there is a higher relative concentration, especially of
the larger particle sizes in the asteroidal region between Mars
and Jupiter, than between Earth and Mars.

To date, most of the measurements of micrometeoroids have
been made by means of a piezoelectric crystal microphone
detector. Upon impact, the output of the microphone is pro-
portional to the momentum of the impacting particle (except at
extremely high velocities). Thus, if a velocity for the
particle is assumed, its mass may be calculated. 1In another
type of detector, a photomultiplier device is used to measure
the light flash of an impact. This instrument, which is also
used to measure a mass-velocity combination (energy), is
capable of measuring a much smaller mass than the microphone
detector, but it is not as simple in operation nor as reliable.
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There are other types of detectors which have been used or
proposed, but they probably would not be as suitable for the
first Jupiter mission. A possible exception may be devices
similar to those used on Explorer XVI to observe the larger
particles.

In addition to the mass-velocity combination measurements,
other information relevant to the particles would be useful;
these include mass and velocity alone, penetrating and crater-
ing ability, electrostatic charge, and composition and other
physical properties. While instruments capable of performing
these measurements will eventually be developed, a proven
device is suggested for use in this study.

A suitable cosmic dust detector is one similar to the
instrument used on the Mariner IV spacecraft. An advantage to
using this instrument is that the data from the two probes
would then be directly comparable. This device detects the
impact of cosmic dust particles upon a sensor plate. This
sensor is an aluminum plate .030 inch thick. A crystal acous-
tical transducer that yields a signal amplitude proportional
to the momentum of the particle is bonded to one side of this
plate. The sensor plate is coated on both sides with a
dielectric material. A thin film of aluminum is then deposited
over this dielectric. The combination of impact plate,
dielectric, and aluminum film forms a penetration detection
capacitor. When a static potential is connected across the
capacitor, an impact will produce a voltage pulse across a
connecting resistor. The films are over an order of magnitude
more sensitive than the microphone; consequently, their primary
function is to indicate the direction of the impacting particle
and to detect particle hits below the microphone threshold.

The instrument would be in continuous operation throughout
the duration of the mission. It is calibrated in flight, at
time periods on the order of one day, by means of an acoustical
transducer. Upon receipt of a command, the transducer imparts
a mechanical shock to the input plate, producing an output
from the detector microphone.

The plate is a bidirectional sensor. The particular plate
on the Mariner IV was 22 by 22 centimeters and weighed 0.5
pound. The sensor may be mounted anywhere to provide approxi-
mately a v -steradian view (in the Mariner IV it was attached
to the electronics chassis in the main part of the spacecraft).
The total weight of sensor and associated electronics is 2.5
pounds. The power required is 0.2 watt. One side should look
into the plane of the ecliptic (or the plane containing the
Earth and Jupiter) in direct motion, and the other side should
look into the same plane in retrograde motion.
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2.1.6 Television

The obvious advantage of receiving pictures of Jupiter
taken by a television camera in a near passage of the planet
is an increase in the spatial resolution over that presently
available from the Earth. What is not obvious, however, is the
actual utility of such pictures.

At the present time, the maximum resolution of surface
features on Jupiter, obtainable with large-aperture telescopes
on the surface of the Earth, is close to 1000 kilometers. There-
fore, only the grossest features, such as the latitude banding
and the red spot, are discernable. Since the Earth-based resolu-
tion of the large telescopes is limited by the atmosphere,
telescopes placed in Earth orbit will allow an increase in the
resolution. 1In the case of a diffraction-limited Earth-orbit
telescope with an aperture of 40 inches, the resolution is about
one-tenth of a second of arc, or approximately 200 to 300 kilo-
meters at the surface of Jupiter.

It is difficult to predict what detailed information an
increased spatial resolution will yield in terms of the data
presently available on Jupiter. It is known that Jupiter is
cloud-covered, yet these cloud systems are not featureless.

Even in terms of the present data, it is possible to surmise,
in general, what an increased resolution may yield about several
of the visible features.

With a resolution of the order of several tens of kilo-
meters, the fine structure of the features presently observed
could be detected. The red spot, for example, may be seen to
be characterized by smaller features, a knowledge of which
would allow a better explanation of the spot's origin and
existence, or the boundaries between the various latitude bands
may be examined to establish their fine structure.

In addition, the pictures may provide information regard-
ing the meteorology of the outer Jovian atmosphere. Cyclonic
and anti-cyclonic-type features may be visible, and their size
and distribution may be indicative of the dynamics of the
meteorological processes operating on the planet.

With a resolution ranging from a few kilometers down to a
few hundred meters, it may be possible to determine the fine
structure of the upper cloud layers in order to establish
whether Jupiter's atmosphere is the convective adiabatic or
stratospheric isothermal-layer type. Thus, information about
the presence of an internal source of heat in the planet would
be derived.
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While the inspection of the light side of the planetary
surface is the most important phase of the television camera
mission, there are other observations that would yield useful
information. A view of one of the Galilean satellites may
provide information concerning the nature of its surface and
the presence or absence of an atmcsphere. On the dark side of
the planet, the presence cf large thunderstorms may be indicated
by flashes of lightning that would be visible to the camera.
Observations of the number and extent of these flashes would
yield information concerning the nature and dynamics of the
atmosphere. Near the limb of the planet, aurcra may be seen,
especially within about ten to thirty degrees of the magnetic
poles.

In addition to the resolution discussed above, the
importance of areal coverage must also be inciuded in the con-
sideration of gathering information by television pictures.
The area covered must be sufficient to allow interpretation of
the individual specific features or parts of such features
observed as they are related to the larger features. Thus, if
a requirement is warranted for obtaining an order of magnitude
increase in the resolution over an Earth-orbit telescope, this
increase must be so effected that the fine structure observed
can be interpreted in terms of the larger structure to which it
is related.

The trade-offs between resclution and area covered are
difficult to establish, but a general assumption of an order of
magnitude increase in resolution tu be used with two orders of
magnitude decrease in areal coverage (actually one order of
magnitude decrease in the radius of the areal coverage) is con-
sidered adequate for the purposes of this study. Thus, if the
resolution of 200 to 300 kilometers is obtained of the whole
planetary disc, a resoluticn of 20 tc 30 kilometers is dependent
on obtaining a picture (or composite of mcre than one picture)
covering at least one-tenth of the planetary diameter. An
apparently attractive, opticnal method of combining areal
coverage with high resolution is to use an auxillary lens on
the camera that would permit the taking of wide angle views
intermixed every few frames with the high-resolution pictures.
This type of data gathering would allow the orientation of the
high-resolution pictures on the planetary surface.

For planning purposes, a general-purpose television camera
with an angle of view of 1.5 degrees, a raster of 400 lines per
frame, and thirty-two shades of gray is conceived. The pictures
would be taken in overlapping triplets ghrough three spectrally
separated filters (e.g., 3000-5000-8000A). A special constraint
in using filters is tc insure that their spectral response does
not change appreciably or by an unknown amocunt as a result of
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exposure to the space and planetary radiation environment.
The television package weighs 15 pounds, and 10 watts of
power are required for operation. The approximate size is
4 by 4 by 10 inches.

Table 2.1-5 contains a list of the areas covered and the
spatial resolutions for several distances from the planet in
terms of the general-purpose camera specifications described
above. The use of this general-purpose camera in a representa-
tive mission may be examined by considering a flyby of Jupiter
with a closest approach of one-half of a planetary radius, a
passage of thirty degrees from the south pole and a program of
taking fifty pictures at one-minute intervals, starting at a
planetocentric distance of two and one-third Jovian radii.

The slant range of the picture series for a fixed-scan camera
will vary from about 160,000 to 50,000 kilometers from the
visible planetary surface. The resolution and areal coverage
attained may be estimated from Table 2.1-5. It should be noted
that this sequence will include some pictures of the dark side
of the planet. The camera system may be roughly calibrated by
taking pictures of free space prior or after the planetary
encounter.

This mission may be considered to be representative and
may be used in the considerations of mission planning and data
handling. However, the actual spectrum of possibilities of
various cameras, trajectories, and data handling capabilities
is much more involved than is indicated in this description of
a single mission. More complicated situations may be envisioned
for the larger payloads when use will be made of more than one
camera.

A television package consisting of two cameras, one for
large areal coverage and one for high resolution, is described
below:

Camera I - Raster of 1000 lines per frame
Angle of view of 10 degrees
Thirty-two shades of gray

Camera II- Raster of 400 lines per frame
Angle of view of 1 degree
Thirty-two shades of gray.

The pictures are so oriented that the area covered in

pictures taken by Camera II are in known locations within the
area covered by the pictures taken by Camera I.
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Table 2.1-5 TELEVISION I

Distance from Distance from Area Covered* Max. Theoretical
Center of Visible Surface Spatial
Jupiter of Jupiter Resolution¥*
(Jupiter Radii) (km) (km on a side) (km)
11.0 700,000 18,300 90
5.0 280,000 7,300 37
4.0 210,000 5,500 27
3.5 175,000 4,600 23
3.0 140,000 3,700 18
2.5 105,000 2,800 14
2.0 70,000 1,800 9
1.8 56,000 1,500 7
1.5 35,000 900 5
1.3 21,000 600 3
1.1 7,000 180 1

* On a plane surface normal to the pointing direction of the

camera.

The area covered and the resolution of these cameras for
various distances from the planet are given in Table 2.1-6.
The weight of this television package is taken as 30 pounds,

and 20 watts of power are required for operation.
approximately 5 by 7 by 14 inches.

The size is

This camera package is considered for use on maximum

capability missions.

A constraint relative to all of the cameras is that they
must be mounted on the spacecraft in such a location that no
light is reflected from any part of the spacecraft into the

cameras.

2-26



Table 2.1-6 TELEVISION II

Distance from Distance from Area Covered* Max. Theoretical
Center of Visible Surface Spatial
Jupiter of Jupiter Resolution*
(Jupiter Radii) (km) (km on a side) (km)
Camera 1
11.0 700,000 114,000 228
5.0 280,000 48,200 96
4.0 210,000 36,200 72
3.5 175,000 30,200 60
3.0 140,000 24,200 48
2.5 105,000 18,200 36
2.0 70,000 12,000 24
1.8 56,000 9,600 19
1.5 35,000 6,000 12
1.3 21,000 3,600 7
1.1 7,000 1,200 2

Camera 11

11.0 700,000 12,200 60
5.0 280,000 4,900 24
4.0 210,000 3,700 18
3.5 175,000 3,100 16
3.0 140,000 2,400 12
2.5 105,000 1,800 9
2.0 70,000 1,200 6
1.8 56,000 980 5
1.5 35,000 610 3
1.3 21,000 370 2
1.1 7,000 120 0.6

% On a plane surface normal to the pointing direction of the
camera.
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2.1.7 Photometric, Radiometric, and
Spectrometric Measurements

Photometric, radiometric, and spectrometric measurements
made in a flyby mission of Jupiter have three distinct
advantages over those made from the surface of the Earth. These
advantages are (1) access to the entire Jjovian phase angle;

(2) freedom from the absorbing atmospheric envelope surrounding
the Earth; and (3) an increase in the spatial resciution of
measurements at the planetary surface (and also the greater
angle subtended by the planet, which enables the use of a
greater amount of energy flux available at the detector).

If the same comparison is made between measurements made in
a flyby mission and an Earth-orbit loccation, it is seen that
(1) the resolution advantage is reduced by about an order of
magnitude (however, in the case of weak sources, the increase in
energy flux may be significant); {2) the advantage of freedom
from the absorbing envelope is nearly eliminated; and (3) the

advantage of access to the entire Jovian phase angle is retained.

In establishing a scientific paylocad for a Jupiter flyby at
the present time, a decision is necessary regarding the assump-
tion that astronomical Earth orbit measurements will be possible
at or before the time period for the flyby mission. Because of
mission complexity and long duration, it will be assumed, for
the purposes of this study, that higher priority will be given
to experiments which can be performed to best advantage only
on a mission to Jupiter instead of those which can be accom-
plished from or near the Earth. Therefore, experiments will be
assigned a higher relative importance when they involve (1} the
view of locations on the planet that are inaccessible to near-
Earth observations or (2) the use of a high spatial resolution.

2.1.7.1 Photometers

A photometer to measure the relative brightness reflected
from Jupiter at various phase angles would allow a determina-
tion of the phase function for the planet I{t}/I(0) = @ ().
A relatively simple instrument could be used in a limited pay-
load that would merely sample the brightness at a frequency
near the solar maximum of around 50004 at five-degree intervals
around the planet. A slight modification to this experiment
will include a filter wheel to look in a wide spectral regicn:
and also to make polarimetric measurements, thus allowing the
definition of the polarimetric phase curve. A fiiter wheel
with filters centered on wavelengths of 3000, 3000, 7000, and
9000 angstroms and two polarizers would provide suitable data.
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It is envisioned that a simple instrument to measure only
the brightness variation would weigh 2.0 pounds, would require
1.5 watts, and would provide a data output of 30 bits-per-sample.
With an increased capability of sampling at several wavelengths
and measuring polarization, the instrument would weigh 6.0
pounds, would require 5.0 watts, and would provide a data output
of 120 bits-per-sample. These instruments, as with the TV system,
will not yield reliable data if light is reflected from any
part of the spacecraft into the sensing element. To aid in ob-
taining an accurate calibration of the data and to provide rela-
tive qualitative compositional information across a larger
portion of the disk, the photometer would be programmed to scan
the planet perpendicular to the flight path in addition to the
traverse along the flight path during the measurements. This
perpendicular scanning action is important to the calibration
of the total intensity measured, because the photometer inte-
grates what it sees within its field of view. Thus, if there
are variations within the field of view, an average value will
be taken. Because the solid angle of view is constant and the
distance from the visible planetary surface changes, that por-
tion of the planet viewed by the photometer decreases as the
probe gets closer to the planet. Although this will complicate
the interpretation of the data, it is difficult to avoid. The
use of a variable focal length lens would probably create more
problems than it would solve.

An in-flight calibration of the instrument will have to be
made at least twice, once prior to and once after the actual
measurements. The calibration will require looking at a very
stable internal radiation source (a Cerenkov source is suitable)
through each of the filter wheels. Another method of calibra-
tion would be to look at a star of known brightness. 1In order
to obtain really useful data, the measurements would have to be
accurate to within one percent, or a few tenths of one percent
would be especially desirable.

2.1.7.2 Radiometers

A radiometer may be used to measure the temperature distri-
bution of the planet on both the light and dark sides. 1In ad-
dition to a general survey at various phase angles, specific
locations on the surface could be examined. An especially in-
teresting locale would be that in the vicinity of the poles
where the clouds might be thin enough to permit the observation
of the solid surface.

A single- or dual-channel instrument used in a mapping mode
would provide significant information relative to compositional
lateral distributions. A multichannel device, with wavelengths
centered at absorption bands of ammonia and water and at wave-
lengths between, including the emission around the radiation

2-29



temperature peak, would yield important data concerning com-
position, compositional abundances, and vertical compositional
distributions.

A four-channel radiometer, as suggested in Reference 2.1-1,
to measure the radiation at 4, 8, 13, and 20 microns is appro-
priate to the subject mission. The instrument would weigh 28
pounds, would require 6 watts of power, and the antenna would be
about 30 centimeters in diameter. There would be a data output
of 40 bits-per-reading. If a reading is made once every five
minutes starting three hours prior to perijove, once every
minute one hour prior to and continuing until one hour after -
perijove, and then again every five minutes to three hours after
perijove, sufficient data should be provided for this measure-
ment. The instrument would be calibrated after each measure- —
ment by reference to an internal noise source.

An infra-red radiometer may be used to measure the thermal
emission from the planet, and also to derive some information
about the composition of the atmosphere. Although this instru-
ment is somewhat redundant to the microwave radiometer, such
redundancy is desirable on an extended mission. Mapping of the -
surface at at least two wavelengths would aid in the study of
the unexplained radiation leak. A view near the poles is also
suggested. A two-channel instrument operating at 10 to 20 —
microns is satisfactory. Such an instrument would weigh about
5 pounds, require 3 watts of power, and would have a data out-
put of 20 bits-per-reading. The readings would be taken in
the same schedule as given for the microwave radiometer. The
instrument would in fact be mounted with the microwave radio-
meter antenna.

2.1.7.3 Spectrometers

An infra-red spectrometer should also be considered for use
in obtaining data relevant to the planetary compositions and
composition abundances. The device would operate in the region
from approximately 5 to 30 microns, with a resolution of one
micron. This range would allow scanning over bands of methane,
ammonia, and water, and viewing of the spectral region of
interest in order to obtain a better understanding of the nature
of the unexplained thermal radiation leak. An instrument of —
this type would weigh about 16 pounds, require 5 watts of power,
and have a data output of 5000 bits-per-scan and a scan rate of
one per five or ten minutes. The instrument will start oper-
ation three hours prior to encounter and continue for three
hours after encounter. It would take approximately one minute
to complete one scan. A thermoelectric device or equivalent
appears satisfactory for cooling the detector, e
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An ultra-violet-to-visible spectrometer may also be con-
sidered for the detection of minor constutuents,of the Jovian
atmosphere. A frequency rgnge of 1000 to 6000 X with a
spectral resolution of 10 § would be adequate. The instrument
weighs 20 pounds and requires 10 watts. A bit rate of 10% bits
per scan which would start at a distance of four planetary
radii prior to encounter and continue until four planetary radii
after encounter is planned with readings taken every 5 to 10
minutes.

2.1.8 Ranging and Radio Experiments

Experiments involving the normal range-tracking required in
any Jovian mission can be used to extend the scientific capability
of the spacecraft. Measurement of the time-delay effect made
possible by the precise tracking of a Jovian probe could provide
data that would be helpful in evaluations of competing theories
of general relativity. An occultation experiment, similar to
the one performed with the Mariner IV spacecraft, could be per-
formed in the Jupiter flyby mission to obtain data relevant to
the structure of the Jovian atmosphere and ionosphere.

Additional experiments could be performed by using radar
and radio frequencies and equipment (1) to detect low-level
emission, (2) to probe the Jovian atmosphere, and (3) to locate
more precisely the sites of strong radio emissions.

2.1.8.1 General Relativity Experiments

It should be possible to perform a test (or tests) of
general relativity with a Jupiter probe. It should be noted,
however, that methods for the evaluation of relativistic
effects are not well defined in general relativity theory, and
that models for curved and flat spacetime must exist before
any '"relativistic effects'" can be delineated.

The most promising as well as the newest test for employ-
ment with a Jupiter probe appears to be the measurement of the
time-delay effect. This test was proposed originally by
Muhleman and Richley (Jet Propulsion Laboratory Space Programs
Summary No. 37-29) in a form that required radar tracking of
Venus from the Earth. The use of a probe launched from Earth
would yield better results, in one sense, because the mass
and other characteristics of the probe would be known. Further,
the plot of its locus relative to the Earth would include
points near the Earth where the relativistic time delay would
be completely negligible. Moreover, the uncertainty in the
speed of light owing to experimental error in measurement
would have the least effect in resolving the location of the
probe.
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Thus, it 1s indicated that despite the '"concealing"
effects resulting from the uncertainty in the local speed of
light, the uncertainty in planetary positions, and dispersion
of the plasma around the Sun, the time-delay effect should be
observable (Reference 2.1-5).

If enough measurements are made so that the orbit of the
probe around the Sun is determined, then the non-linearity
of the relativistic time delay will appear in a distortion of
the Keplerian orbit if mapped in flat space. If by correcting
the orbit for the relativistic time delay, as well as dispersive
effects of the media, the orbit is changed into a better
approximation of an ellipse (or really the nearly elliptical
orbit of the solar many-body problem), it can be concluded that
space is not flat or the Newtonian gravitational theory is
invalid.

If a tracking station on the Earth is used to trace the
orbit of the probe, the dispersive effects of the solar atmos-
phere and interplanetary media on the signal must be calculated
and the mapping corrected to account for them. If two signals,
separated in frequency, are used, then the corrections for
plasma dispersion can be made more accurately than might be
warranted on the basis of data on the plasma density because
the effect is dependent upon the frequency.

Other tests of general relativity, such as the red shift,
light deflection, and perihelion precession, could be under-
taken with a Jupiter probe, but the results would probably
not be as satisfactory as those for the time-delay test. To
perform a red shift test, the signal transponder and frequency
shifter on the spacecraft would have to be extremely stable.
Performance of a light deflection test would be difficult
because of problems in separating the deflections due to the
gravitational field and those due to changes in refractive
index. 1In the case of the perihelion test, special trajec-
tories would be required.

2.1.8.2 S-Band Occultation Experiment

In order to investigate the upper atmosphere of Jupiter
by means of an occultation experiment, a trajectory must be
chosen so that the spacecraft will pass behind the planet, as
seen from Earth. The tracking signal will then pass through
the Jovian atmosphere. The variations in the signal should
provide information about a number of characteristics of the
Jovian atmosphere and ionosphere. Those which have been
indicated by Kliore, et al (Reference 2.1-6) are described in
the following listing:
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1. The electron density profile of the ionospheric
layer (or layers).

2. The refractivity profile of the neutral atmosphere,
from about 100 km above the cloud tops down to a
point at which the atmospheric attenuation prevents
radio reception. It is extremely unlikely that the
latter point would be near the Jovian surface, if
there is a surface.

3. The position, thickness, and perhaps the composition
of the top cloud layer (or layers). It should be
possible to distinguish at least between water crystals,
ammonia crystals, solid hydrocarbons, or dust.

4. The mean molecular weight, if the temperature of the
cloud tops is known. Such information will indicate
a limit of the possible composition of the atmosphere.

The requirements for a successful occultation are as follows:

1. A trajectory which passes behind Jupiter, as seen from
the Earth. A nominal aim point (and accompanying error
ellipse) which will lie within the Earth occultation
region will be required.

2. Sufficient down-link communication power to allow
significant probing of the atmosphere. The strength
of the radio-tracking signal should be great enough to
penetrate the Jovian atmosphere to a depth of several
scale heights. Such a capability would require a
communication margin of 20 to 30 db to enable some
atmospheric attenuation to be overcome.

3. Suitable receiving equipment, capable of following
wide variations of frequency at a high rate during
occultation. There is a possibility that the rate of
change of the Doppler shift may be so great that
standard DSIF equipment could not maintain a ''lock-on"
of the tracking signal. (Such a failure would affect
the flight mechanics experiments as well as the S-band
occultation experiment.) Because of the high Doppler
shift rate resulting from a passage close to Jupiter,
special DSIF equipment or special trajectory constraints
might be required. The requirements are discussed in
subsection 3.1.

Additionally, other possible areas of difficulty must be

investigated before a satisfactory evaluation of a Jovian occul-
tation experiment can be made. These include
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1. Effects of vapors and particulate matter in the
Jovian atmosphere.

2. Diffraction effects from large, dense irregularities
in the atmosphere (Fresnel Diffraction).

3. Effects of atmospheric electrical activity. Layers
of high electron density could cause ducting of the
signals.

4. The value of performing '"received power'" measurements
at the spacecraft. The use of higher communications
margins in spacecraft receivers must be weighed against
any major modifications required in proposed spacecraft
to incorporate such receivers.

On the basis of the state of knowledge of the Jovian atmos-
phere and the efficacy of the scientific payload experimental
list, an occultation experiment is advisable at the present time
only if it can be performed with minor modifications of the
receiving equipment and minor changes in the spacecraft mission
definition.

2.1.8.3 Planetary Radio and Radar

A bistatic radar may be used (at a frequency above about
40 Mcs.) to measure the radar-scattering function at various
phase angles. This measurement may also be made in interplanetary
space to obtain information on the absolute electron density.
One operational program that is envisioned involves an instrument
with a weight of 15 pounds, a power requirement of 8 watts, a
bit rate of 30 bits-per-sample, and which can be used to take
samples every three minutes starting at three planetary radii
from the surface prior to encounter and continuing to three
planetary radii from the surface after encounter.

A null radio seeker may be used to determine the location
of particular radio sources and may provide information relevant
to the nature of the source of the electromagnetic disturbances.
An instrument of about 5 pounds with a power requirement of 2
watts, a data rate of 50 bits-per-sample. A directional antenna
would have to be gimbled to move in any direction across the
planetary disc,

A radio experiment designed to search for possible emission
at low flux levels would provide information that would augment
that available from measurements from the Earth. Measurements
made in the decimeter wavelength region would be desirable. A
representative instrument would weigh about 5 pounds, require
4 watts of power, and provide a data output of 50 bits-per-
sample during its program operation of three hours prior to
encounter to three hours after encounter.
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A radar altimeter may be used to obtain information about
the planetary structure. Reflection off the solid planetary
surface may be obtained with a wavelength of about one-half to
one meter. Longer wavelengths reflections would be from the
ionosphere, while shorter wavelengths would be affected by
molecular absorption in the atmosphere. The instrument would
weigh about 25 pounds, require about 10 watts of power, and
provide a data rate of 50 bits-per-sample. An operational
program of taking measurements every five minutes from three
hours prior to encounter to three hours after encounter would
be satisfactory. The antenna would have to point at the planet
during the measurements.

2.1.9 Miscellaneous

In addition to the information obtained from the scientific
instruments defined in the preceding sections, there are other
means by which information may be generated. These are described
in the following paragraphs:

1. The normal measurement of the position of the space-
craft as a function of time will yield data relevant
to a more accurate determination of the orbital and
gravitational parameters of Jupiter, (and probably the
solar system, by a better determination of the astro-
nomical unit). Increased accuracy in the values of the
Jovian mass and second gravitational harmonic should
result from the measurement of the spacecraft's hyper-
bolic orbit about the planet.

2. The feasibility of releasing a probe into the Jovian
atmosphere should be examined. The capability of such
a probe to yield direct, quantitative data may outweigh
the problems involved in its operation. This probe
could contain a mass spectrometer to give information
about the relative compositional abundances of the
planet. 1In particular, a determination of the relative
abundance of deuterium would be especially valuable in
providing information concerning the origin and history
of the solar system and the universe. Determination
of the existence and abundance of deuterium at Jupiter
would aid in establishing whether or not this isotope
had its origin as a remnant of the primordial atmos-
phere or is the result of a secondary nuclear process,
as is probably the case for the Earth. Jupiter, unlike
the Earth, is massive enough to retain its hydrogen
and is large enough to have the element present in a
relatively undiluted abundance. The relative abundance
of deuterium may thus be indicative of the nuclear
reactions involved in the very early formation of the
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universe. A probe into the Jovian atmosphere could
also measure such parameters as pressure, temperature,
density, electric charge, and others.

It may be possible, although its feasibility is un-
certain at the present time, to use an interferometer
spectrometer that would scan a small wavelength region
at a very high resolution to look for lines of HD,
NH2D, or CH3D. This might be an optional method of
detecting deuterium in the Jovian atmosphere.

3. Using Jupiter to provide a turnaround so that the space-
craft would follow an out-of-the-ecliptic trajectory
after planetary encounter would allow the continuation
of the interplanetary measurements in a region of the
solar system different from that encountered on the in-
bound path.

4. There should be at the same time as the Jupiter mission
an Earth-orbiting satellite to gather radiation data
similar to that obtained by the Jupiter spacecraft.

This second satellite would allow a wide spatial separa-
tion in the data-gathering points and would yield infor-
mation about the dynamics of these radiations as they
propagate through the solar system.

2.1.10 Scientific Instrument Characteristics

In Table 2.1-7, the physical characteristics of the instru-
ments necessary to perform the suggested scientific experiments
are outlined.

2.1.11 Typical Mission Payloads

Typical scientific mission payloads ranging from a minimum
instrument complement to a "full" package are represented in
Table 2.1-8. The full experiment list represents a wide spectrum
of investigations and would be expected to yield a relatively
complete picture of the planet for the flyby mission. It is
possible, however, that the individual instruments could be ex-
panded in size and scope thus increasing the full payload size.
It is suggested that, if a substantial increase in payload weight
is available, it could best be utilized in putting the vehicle
in an orbit around Jupiter rather than adding additional scienti-
fic payload weight.

Intermediate science packages are made of loosely ordered

selections ranging between the minimal and full science comple-
ment. The Minimal Scientific Experiment Package includes
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Table 2.1-8 SCIENTIFIC EXPERIMENT PACKAGES

(Sheet 1)

Full Scientific Experiment Package

Instrument

Extended Magnetometer

Energetic Particle Detector

Cosmic Dust Detector

Expanded Photometer

TV Camera (TV-11)

Plasma Probe

Microwave Radiometer

Infrared Radiometer

Ion Chamber

Infrared Spectrometer

High Energy Proton
Directional Monitor

Cosmic Ray Spectrum Analyzer

UV - Visible Spectrometer

Medium Energy Proton
Directional Monitor

Bistatic Radar

Radio Noise Detector

Null Radio Seeker

Radar Altimeter

Weight

8.
2.
2.
6.
30.
7.
28.
5.
3.
16.

4.
18.
20.

et
o
n

3.
15.
5.
5.
25.

203.0 1bs.

OO OO (@ NN SCOOCOOoOOooOoULUnoO

Power

.0 watts

DO
oONO LNMOWONOULOON

r—l
OO OCOO SO QUL OOWLOON KN

OMNNOO

' .

}—l

85.

N

watts

Intermediate Scientific Experiment Package - 1

Instrument

Extended Magnetometer

Energetic Particle Detector

Cosmic Dust Detector

Expanded Photometer

TV Camera (TV-1)

Plasma Probe

Microwave Radiometer

Infrared Radiometer

Ion Chamber

Infrared Spectrometer

High Energy Proton
Directional Monitor

Cosmic Ray Spectrum Analyzer

2-40

Weight

8.
2.
2.
6.
15.
7.
28.
5.
3.
16.

4.
18.
115.0 1bs.

[
o
0]

[N ) eolojeololoaoNeolV, §U, N

Power

.0 watts

N O LOWOANOWLOON
[ Ne)} QUO OO OoON P

42 .2 watts



Table 2.1-8 SCIENTIFIC EXPERIMENT PACKAGES
(Sheet 2)

Intermediate Scientific Experiment Package - 2

Instrument Weight Power
Extended Magnetometer 8.0 1bs 7.0 watts
Energetic Particle Detector 2.5 0.4
Cosmic Dust Detector 2.5 0.2
Expanded Photometer 6.0 5.0
TV Camera (TV-1) 15.0 10.0
Plasma Probe 7.0 2.5
Microwave Radiometer 28.0 6.0
Infrared Radiometer 5.0 3.0
Ion Chamber 3.0 0.5

77.0 1lbs. 34.6 watts
Minimal Scientific Experiment Package
Instrument Weight Power
Extended Magnetometer 8 lbs. 7 watts
Energetic Particle Detector 2.5 0.4
Cosmic Dust Detector 2.5 0.2
Visible Photometer 2.0 1.5
TV Camera (TV-I) 15.0 10.0
Plasma Probe 7.0 2.5
37 1bs. 21.6 watts
Spin-Stabilized Spacecraft Experiment Package
Instrument Weight Power
Extended Magnetometer 8 lbs. 7 watts
Energetic Particle Detector 2.5 0.4
Cosmic Dust Detector 2.5 0.2
13 1bs. 7.6 watts
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instruments whose use would be most advantageous in view of the
increase in spatial resolution and planetary phase availability
afforded by a Jovian flyby mission (refer to Table 3.1-8). The
results of a study of the meteorology, fine structure, and basic
thermal character of the Jovian atmosphere will be much less
ambiguous if a television camera is used. For example, the data
obtained from scanning regions of the spectrum other than the
visible cannot be interpreted as readily as photographs of the
visible.

The smallest scientific package, listed as the last item
in Table 2.1-8, is representative of a payload that could be
employed in a spin-stabilized spacecraft whose relatively high
spin rate precludes an opportunity to scan the planet. The use
of instruments on this list offers an excellent means of obtaining
design data for later probes.

2.1.12 References

Numerous articles and reports relative to the scientific
investigations of Jupiter were utilized in this report; however,
a complete list is not being included. There were some refer-
ences that were used extensively in defining the descriptions
of the scientific instruments in this report. These are listed
below:

2.1-1 "survey of a Jovian Mission,'" Report No. M-1, Astro
Sciences Center of Illinois Institute of Technology
Research Institute, March 1964,

2.1-2 "Jupiter - Advanced Planetary Probe, Scientific Objectives
and Typical Experiments,'" R. G. Brereton, Jet Propulsion
Laboratory

2.1-3 "Mariner C Reference Information for Future Mission
Studies," Jet Propulsion Laboratory Engineering Planning
Document No. 296, 15 April 1965.

2.1-4 'Design Data Information System," Jet Propulsion Laboratory,
1 October 1965.

2.1-5 "Evaluation of the Time-Delay Test of General Relativity,"
G. H. Brigman, Fort Worth Division, General Dynamics
Report ERR-FW-432, 29 September 1965.

2.1-6 "An S-Band Occultation Experiment for the 1967 Venus
Mission,'" A. Kliore, D. L. Cain, and G. S. Levy, Jet
Propulsion Laboratory and S. I. Rasool, Goddard Spaceflight
Center.
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2.2 ENERGY REQUIREMENTS AND
GENERAL TRAJECTORY CHARACTERISTICS

The basic sources of information regarding energy require-
ments and general trajectory characteristics are the mission
maps presented in Appendix A. In addition, guidance sensitivity
parameters were obtained from heliocentric conic trajectory
data supplied by JPL. Data from these sources have oeen summar-
ized in charts which are designed to aid the mission planner in
the analysis of mission requirements. The methods used, the
results obtained, and the conclusions reached in this process
of summarizing mission characteristics are discussed in following
paragraphs.

2.2.1 Launch Window Definition

The injection energy requirements and other characteristics
of interplanetary missions are influenced by the ground rules
for selecting launch windows. Since one of the primary ooject-
ives of mission analysis is to determine the relationship between
flight time and the injection energy required for the mission,
it would seem logical for this purpose to use fixed-flight-time
windows of the type illustrated in Figure 2.2-1. The determina-
tion of energy requirements for such windows over a selected
range of flight times would define a curve of energy requirement
versus flight time. However, if flight time is held constant
as the launch date is delayed, the time of arrival at Jupiter
must also be delayed. 1In the areas of spacecraft design and
mission operations, there are significant advantages in holding
the encounter date constant for any launch date within the
window. A number of important mission parameters, such as
communication distance at encounter time, arrival hyperbolic
excess velocity, size of the guidance error ellipse, etc.,
are either uniquely determined by the arrival date, or else
they remain more nearly constant if the arrival date is held
fixed than if the flight time is held fixed. For these reasomns,
fixed-arrival-date windows have been used for the purpose of
defining mission requirements. Arrival dates themselves are
of little interest to spacecraft designers, and mission require-
ments, although determined on the basis of arrival date, are
commonly identified by reference to a characteristic flight
time. The characteristic flight time used for this purpose
is the mean flight time within the appropriate window. Actual
flight times within the window differ from the characteristic
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flight time by as much as half the window width, but such
variations are relatively small when compared to the overall
flight time itself.

As illustrated in Figure 2.2-2, the injection energy re-
quirement is strongly dependent on the width of the launch window.
A nominal width of 20 days was selected for defining mission
requirements in this study. This is somewhat less than the width
normally considered desirable for, say, Mars and Venus missions.
However, injection energy ''valleys' for Jupiter missions are
considerably narrower than comparable valleys for Venus and
Mars, Because Jupiter's synodic period (i.e., the interval
between launch opportunities) is only about half as long as the
synodic period of Mars, the narrower window width is considered
justifiable.

Another launch-window ground rule which has a significant
effect on mission requirements in some launch years is the stipu-
lation that the declination of the departure asymptote must
fall within the range of +36 degrees for all nominal trajec-
tories. This restriction was imposed in line with an overall
policy of conservatism which is believed to be desirable in a
feasibility study of this nature. Assuming a minimum acceptable
daily lift-out window of approximately an hour, plus 36 degrees
and minus 36 degrees represent the approximate limiting values
of asymptote declination which can be realized (without an or-
bital plane change) by a launch from Cape Kennedy within the
normal firing sector of 90- to ll4-degree launch azimuths.

Orbit determination during the first few days after injection
into the interplanetary trajectory is another factor which was
considered before selecting the asymptote declination limits.

If the magnitude of the declination of the asymptote were very
much greater than 36 degrees, DSIF stations in only one hemis-
phere (northern or southern) could be used to track the space-
craft during this critical period. Since a spread of tracking-
station latitudes is desirable for accurate orbit determination,
such a situation should be avioded if possible.

A launch "corridor'", defined by the loci of launch-window
boundary points, is shown in Figure 2.2-3. Although the figure
is entitled "Typical Launch Corridor', the corridor is not typi-
cal in the sense that in most launch years the 36-degree asymp-
tote declination constraint does not cause the corridor to
swerve so drastically away from the minimum-energy region as
indicated.
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MISSION PLANNING CHART, 1975 LAUNCH
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flight time by as much as half the window width, but such
variations are relatively small when compared to the overall
flight time itself.

As illustrated in Figure 2.2-2, the injection energy re-
quirement is strongly dependent on the width of the launch window.
A nominal width of 20 days was selected for defining mission
requirements in this study. This is somewhat less than the width
normally considered desirable for, say, Mars and Venus missions.
However, injection energy ''valleys' for Jupiter missions are
considerably narrower than comparable valleys for Venus and
Mars. Because Jupiter's synodic period (i.e., the interval
between launch opportunities) is only about half as long as the
synodic period of Mars, the narrower window width is considered
justifiable,

Another launch-window ground rule which has a significant
effect on mission requirements in some launch years is the stipu-
lation that the declination of the departure asymptote must
fall within the range of +36 degrees for all nominal trajec-
tories. This restriction was imposed in line with an overall
policy of conservatism which is believed to be desirable in a
feasibility study of this nature. Assuming a minimum acceptable
daily lift-out window of approximately an hour, plus 36 degrees
and minus 36 degrees represent the approximate limiting values
of asymptote declination which can be realized (without an or-
bital plane change) by a launch from Cape Kennedy within the
normal firing sector of 90- to ll4-degree launch azimuths.

Orbit determination during the first few days after injection
into the interplanetary trajectory is another factor which was
considered before selecting the asymptote declination limits.

If the magnitude of the declination of the asymptote were very
much greater than 36 degrees, DSIF stations in only one hemis-
phere (northern or southern) could be used to track the space-
craft during this critical period. Since a spread of tracking-
station latitudes is desirable for accurate orbit determination,
such a situation should be avioded if possible.

A launch '"corridor'", defined by the loci of launch-window
boundary points, is shown in Figure 2.2-3. Although the figure
is entitled '"Typical Launch Corridor'", the corridor is not typi-
cal in the sense that in most launch years the 36-degree asymp-
tote declination constraint does not cause the corridor to
swerve so drastically away from the minimum-energy region as
indicated.
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2.2.2 Arrival Date Corrections

The departure and arrival dates and flight times associated
with heliocentric conic two-body trajectory computations are
somewhat erroneous because the gravitational acceleration of the
spacecraft caused by the planetary fields is ignored. The effect
of Earth's gravity field is comparatively small, and the few
hours error in departure date can be ignored for most purposes
of mission analysis. However, Jupiter's gravity field is suf-
ficiently strong to cause flight-time errors as great as 20
days. Essentially all of the flight-time error is built up
within Jupiter's activity sphere, i.e., the volume of space
in which Jupiter is the dominant gravitational body rather than
the Sun.

The correction curve shown in Figure 2.2-4 was used to adjust
the arrival dates and flight times associated with heliocentric
conic data before they were incorporated in the mission planning
charts which are discussed in paragraph 2.2.3. The corrections
were computed by taking the difference between the '"linear"
flight time within Jupiter's activity sphere (i.e., the radius
of the activity sphere divided by the appropriate hyperbolic
e&kcess speed) and the two-body hyperbolic flight time from the
boundary of the activity sphere to perijove. For this purpose,
the perijove altitude was taken to be one-tenth of Jupiter's
surface radius. After adjustment, helicocentric conic arrival
dates and flight times are accurate to within about 10 percent
of the applied correction (i.e., to within +2 days or better),
provided perijove altitude does not exceed about 10 planet radii.

2.2.3 Mission Planning Charts
Mission planning charts applicable to each of the launch
opportunities between 1973 and 1980 are shown in Figures 2.2-5
through 2,2-12, 1In these charts several important mission

parameters are plotted as functions of arrival date.

2.2.3.1 Arrival Hyperbolic Excess Speeds

As previously stated, the heliocentric conic flight times
and arrival dates appearing in these charts have been adjusted
to account for Jupiter's gravitational attraction. For the
purpose of making these adjustments, the hyperbolic excess speed
at Jupiter on any given arrival date was taken to be equal to
its mean value for the appropriate 20-day constant-arrival-date
launch window. The curves of the mean hyperbolic excess arrival
speed are shown on each of the charts.
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MISSION PLANNING CHART, 1973 LAUNCH
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MISSION PLANNING CHART, 1975 LAUNCH
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2.2.3.2 Flight Time Curves -

The distance between the two (minimum and maximum) total
flight time curves corresponds to the 20-day width of the launch
windows which was stipulated for the purpose of defining mission
requirements. The curve showing flight time inside Jupiter's
activity sphere at the bottom of each chart reflects the two-
body hyperbolic flight time from the activity sphere boundary
to perijove at an altitude of 0.1 planet radii.

2.2.3.3 Communication Distance and Earth Elongation Angle

The helicocentric configuration of the planets on the
arrival date is defined by the communication distance, d, and
the Earth elongation, . The communication distance is the
distance between the planets and the Earth elongation angle is
the angular separation between Earth and the Sun, as seen from
Jupiter., Conjunctions and oppositions of Jupiter are defined
by maxima and minima respectively in the communication distance
curve. These two types of events are accompanied and more
sharply defined by local minima in the Earth elongation curve.
Local maxima occur in the Earth elongation curve approximately
90 days before and after each opposition. The maximum Earth
elongation just prior to opposition corresponds to a western
quadrature of Jupiter, while the maximum immediately following
opposition corresponds to an eastern quadrature. The relative
positions of the planets at quadrature and opposition are
shown in Figure 2,2-13,

Arrival at Jupiter on an opposition date is usually most —
desirable from the standpoint of radio tracking and communication
for the simple reason that the communication distance is minimal.
However, there may be situations in which arrival near the date -
of western or eastern quadrature would be more favorable for
communication. For instance, a possible design concept for a
minimal-capability spacecraft involves spin-stabilization for -
attitude control with the directional antenna beam aligned along
the spin axis. The transmission of planetary encounter data
to Earth would be accomplished by pointing the spacecraft spin -
vector at the time of spinup in the direction in inertial space
where the Earth would appear at the time of encounter. For such
a spacecraft, arrival on or near a date of quadrature would -
maximize the time period available for transmission of encounter
data because the angular coordinates of Earth in inertial space
(as seen from a spacecraft in the near vicinity of Jupiter) ~
would be changing at a minimal rate.
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Another mission-planning aspect related to the communication-
distance and Earth-elongation curves is concerned with Earth-
based optical telescopic observation of the target planet. The
correlation of data received from the spacecraft with concurrently
obtained Earth-based data would almost certainly improve the
scientific value of the mission. Again, arrival on an opposi-
tion date would be most favorable for these purposes. This is
ture not only because the distance between planets is minimal
at opposition, but also (and possibly of greater significiance)
because Jupiter rises at sunset, transits the local meridian
at midnight, and sets at dawn; thus, the daily observation
period is maximized, and optimum viewing conditions are provided.
From the standpoint of concurrent optical observation of Jupiter,
arrival before the date of western quadrature would be highly
undesirable because the planet would transit the local meridian
during daylight hours, and less than half the nighttime hours
would be available for observation,

One other mission-planning consideration which is related
to the Earth-elongation curves in Figures 2,2-5 through 2-2-12
should be mentioned. The Earth elongation angle is equal to
the angular separation of the conical (almost cylindrical)
Earth-occultation and Sun-occultation zones in jovicentric
space, If scientific, operational, and/or environmental consi-
derations relevant to a particular mission should require, for
instance, that the spacecraft pass through one of these occulta-
tion zones and avoid the other (as in the Mariner 1964 mission),
it would have to arrive on a date when the Earth elongation
angle is significantly different from zero.

2,2.3.4 Guidance Sensitivity Curves

The g1 curves in Figures 2.2-6 through 2.2-12 (the data for
the 1973 launch opportunity had not been received when the illus-
trations were prepared) which show the relationship between
guidance sensitivity and arrival date are particularly signi-
ficant for mission planning. The variable o] is the length
of the semi-major axis of the arrival position
error ellipse which would result from a 0.1 meter per second
spherically-distributed random velocity error in the execution
of a guidance correction maneuver. The guidance correction
maneuver is assumed to occur a few days after injection, and the
gravitational effect of Jupiter is ignored in the computation
of the arrival error ellipse. The focussing effect of Jupiter'’s
gravity field reduces the position error at perijove to something
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on the order of one-half to one-fourth of the magnitude of 0.
The arrival position error is proportional to the midcourse
execution velocity error, therefore an appropriate factor should
be used to obtain arrival errors for a spacecraft guidance system
whose execution accuracy is different than 0.1 meter per second.

The o] values shown in the mission planning charts are
the maximum values within the appropriate 20-day launch windows,
and they were obtained from heliocentric conic trajectory data
supplied by JPL. The minimum value of o occurs for arrival
dates ranging from approximately 50 days %efore to 50 days
after a conjunction of jupiter with corresponding flight times
ranging from 650 to 750 days depending on the launch year.
The position error increases quite rapidly for longer flight
times; whereas, in the case of shorter flight times, the increase
is more moderate and reaches a local maximum value less than
twice as great as the minimum.

2.2.3.5 Geocentric Injection Energy

The single most important mission-planning parameter is the
required injection energy, because it determines the payload
capability of the launch vehicle for the mission. The geocentric
injection energy C3 is equal to the square of the departure
hyperbolic excess speed, and actually corresponds to twice the
Earth-relative kinetic energy per unit mass of the spacecraft
when it is an "infinite'" distance from Earth, The injection
energy curves shown in Figures 2.2-5 through 2.2-12 reflect
the maximum values of C3 within the appropriate 20-day launch
windows. Only data for Type I heliocentric trajectories (having
heliocentric transfer angles smaller than 180 degrees) are
contained in these mission planning charts. This is in line
with the results of earlier studies (Reference 2.2-1) which
revealed that the reduction in Cg which can be realized in some
launch years by using Type II trajectories (having transfer
angles greater than 180 degrees) is comparatively small in
relation to the required increase in flight time.

In all of the mission planning charts, injection energy
requirements for unconstrained launch windows are shown for
reference. Notable examples of the effect of the previously-
described 36-degree asymptote declination constraint on injec-
tion energy requirements can be: seen in the mission planning
charts for the 1973 and the 1978 launch periods (Figures 2.2-5
and 2.2-10. The greatest difference in minimum C5 for constrained
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and unconstrained injection energy curves occurs in 1978, where
the miminum-C3 penalty is about 7 percent (i.e., 7 kmz/secz).
The 36-degree declination constraint never causes a penalty for
flight times shorter than 575 days.

Optimum flight times based on minimum injection energy
requirement range from 575 to 750 days, depending on the launch

year.

For flight times shorter than about 400 days, the injec-

tion energy requirements increase very rapidly beyond the
reasonable capabilities of chemically-propelled launch vehicles.
The payload capabilities of 5 possible launch vehicles for
Jupiter missions, based on the injection energy requirements
shown in Figures 2.2-5 through 2.2-12, are discussed in sub-
section 2.3.

2.2.4 Conclusions

On the basis of the results of the investigation of energy
requirements and general trajectory characteristics of Jupiter
flyby missions discussed in the preceding paragraphs, the follow-
ing major conclusions have been reached:

1.

Assuming a 20-day launch window is needed, the nominal
interplanetary flight time required to realize the
minimum injection energy for Type 1 trajectories is
never longer than 750 days.

If good guidance accuracy is to be realized, inter-

planetary flight time should never exceed 800 days.

If flight times are held below 700 days, the arrival
position error will never be greater than twice the

minimum value possible.

The use of chemically-propelled launch vehicles on
missions with flight times shorter than 400 days will
probably not be feasible.

From the standpoint of (a) radio tracking and communi-
cation, and (b) concurrent Earth-based optical observation
of Jupiter, preferred arrival dates range from approx-
imately 90 days before to 90 days after an opposition

date (between the dates of western and eastern quadra-
ture).
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2.2-1

For a given launch year, there is only one 180-day
arrival period which conforms to the conditions described
in conclusion (4) and which also falls within the flight
time limits described in conclusions (1), (2), and (3).
The center of this arrival period is the date of the
second opposition of Jupiter following the spacecraft's
departure from Earth. The nominal interplanetary flight
time for arrival on this opposition date is approxi-
mately 510 days. The nominal flight time for arrival

on the date of western quadrature immediately preceding
this opposition is about 420 days. The nominal flight
time for arrival on the date of eastern quadrature
immediately following this opposition is about 600 days.

In the case of missions arriving at perijove within the
180-day period described inconclusion (5), the stipu-
lation that the departure asypmptote declination must
lie in the range of 136 degrees has no effect on mission
requirements in any launch year studies, except 1973.
The effect of the declination constraint in 1973 is
minimal, causing only a slight increase in injection
energy requirement for flights between 575 and 600 days
duration.

2.2.5 References
Wilson, S. W. Jr., et al., "Preliminary Analysis of One-
Way Ballistic Flyby and Caputre Missions to Jupiter",

General Dynamics Corporation, Fort Worth Division, MR-
FS-36, 11 November 1964.
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2.3 LAUNCH VEHICLE EVALUATION

The payload capabilities of 5 launch vehicles were evaluated
in relation to the energy requirements for Jupiter Flyby missions.
The following vehicles were specified by JPL:

1. Saturn V/Centaur

2. Saturn V

3. Saturn IB/Centaur/HEKS

4, Titan IIICx/Centaur

5. Atlas SLV3x/Centaur/HEKS.

A sixth vehicle, Atlas SLV3x/Centaur (without the high energy
kick stage, HEKS) was determined to have no potential for a Jupiter
mission early in the study and was considered no further.

2.3.1 Basic Payload Capabilities

The basic payload capabilities of the subject vehicles were
defined by JPL in the form of curves of gross payload (including
spacecraft adapter and aerodynamic fairing) versus C3 attainable
with a 90-degree launch azimuth on the Eastern Test Range (ETR).
These curves were contained in a guideline document (Reference
2.3-1) in which it was pointed out that the indicated capabilities
did not represent those of current vehicle configurations or of
configurations currently being developed but that they represented
the performance capabilities which would be technically feasible
by the 1970-1980 time period with appropriate uprating and develop-
ment programs. In this light, the payload data should be con-
sidered acceptable for long-range mission planning and conceptual
design studies, but not necessarily so for other purposes.

The launch vehicle gross payload curves in Reference 2.3-1
were adjusted to reflect performance capabilities that were more
compatible with the probable operational modes and constraints
associated with Jupiter flyby missions. Specifically, two adjust-
ments were made (1) to account for the net payload decrement caused
by carrying the mass of the payload aerodynamic fairing to 350,000
feet, and (2) to account for the injection energy decrement result-
ing from an ETR launch azimuth of 114 rather than 90 degrees. The
adjusted curves for all 5 launch vehicles are shown in Figure 2.3-1.
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In Reference 2.3-1, it is stated that if the payload aerodynamic
fairing is jettisoned at 350,000 feet (during ascent to the parking
orbit), the interplanetary injection payload values shown in the
curves in Reference 2.3-1 should be reduced by 10 percent of the
actual fairing mass Wp. If the fairing is jettisoned in the parking
orbit or after interplanetary injection, payloads should be decre-
mented by 0.4 Wg or 1.0 Wy, respectively. Since aerodynamic effects
are negligible above 350,000 feet, there appear to be only two
plausible reasons for retaining the payload fairing beyond this
point: (1) for thermal and meteoroid protection during the parking
orbit coast and/or interplanetary injection phases, cr (2) as an
auxiliary load path for thrust acceleration loads. 1In view of the
significant payload mass penalties involved in retaining the fairing,
and the relatively short period (less than 2 hours) spent in the
parking orbit as compared to the length of the interplanetary flight
(several hundred days), retention of the fairing for thermal or
meteoroid protection does not appear desirable.

Although a more thorough structural analysis is in order after
launch vehicle/payload selections have been made, retention of the
fairing for structural reasons does not appear tc be a likely neces-
sity. 1In the case of Saturn vehicles in which a Centaur stage is
used, it is stated in Reference 2.3-1 that the lcad from the space-
craft and the HEKS (High Energy Kick Stage), when used, should be
shared '"approximately equally" between the fairing and the Centaur
stage (i.e., about half of the load should be routed around Centaur,
via the fairing, to the SIVB stage) during the boost phase of the
trajectory. A check of thrust acceleration histories for typical
Saturn IB/Centaur and Saturn V/Centaur boost trajectories indicates
that the maximum acceleration experienced between 350,000 feet and
SIVB burnout ranges from 50 to 67 percent of the peak acceleration
which occurs below 350,000 feet. Therefore, jettisoning the fairing
at 350,000 feet should not impose a much greater maximum load on
Centaur than would result if the fairing were retained until final
burnout of the SIVB stage. On the Atlas and Titan vehicles, there
is no available load path around Centaur (i.e. all of the load from
fairing, spacecraft, and kick stage must be routed through Centaur
during the entire boost trajectory); hence, retention of the pay-
load fairing on these vehicles above 350,000 feet would noct be
desirable from the structural standpoint.

Adjustment of the data in Reference 2.3-1 to a launch azimuth
of 114 degrees was accomplished in line with the conservative over-
all policy which was adopted for the definition of launch vehicle
capabilities for Jupiter missions. The 114 degree azimuth is the
most severe azimuth from the standpoint of paylocad degradaticn due
to non-Easterly launches within the normal ETR firing sector of
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90 to 114 degrees. To assure maximum utilization of existing range
facilities, only those interplanetary transfer trajectories which
can be attained with the limits of the normal ETR firing sector
were considered acceptable for the purpose of defining mission
requirements. The effect of this constraint is to rule out any
interplanetary transfer requiring a departure asymptote decli-
nation outside the range of + 36 degrees. Therefore, when the
geocentric injection energy Cj required for a heliocentric tra-
jectory which satisfies the cited asymptote declination constraint
is used to find an allowable spacecraft-plus-adapter mass from

the adjusted curves, the launch vehicle can be counted on to deliver
the indicated payload (with some reserve in most cases).

Figure 2.3-2 schematically illustrates the procedure which
was followed in the adjustment of the payload curves. 1In line
with the previous discussion, the payload decrement AW, was taken
to be 10 percent of the estimated payload fairing mass given in
Reference 2.3-1. The AW, values (constant for a given launch
vehicle) are given in Table 2.3-1.

PAYLOAD CURVE ADJUSTMENTS

o

; REFERENCE 2.3-1 CURVE
o [N

2 N

Z

o ~

—

O ~,

=] ADJUSTED_) -~

Z CURVE

PAYLOAD MASS , W,

FIG. 2.3-2
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Table 2.3-1 PAYLOAD DECREMENTS

Launch Vehicle AW, (1bm)
Saturn V/Centaur 330
Saturn V 750
Saturn IB/Centaur/HEKS 260
Titan IIICx/Centaur 185
Atlas SLV3x/Centaur/HEKS 152

The injection energy decrements AC3 were obtained by subtract
ing 36.6 meters per second (the difference between the components
of Earth rotational velocity in the launch trajectory planes for
ETR launch azimuths of 90 and 114 degrees) from the injection
velocity required for the original value of C,;. Injection was
assumed to occur at a geocentric distance of 8000 kilometers.
Specifically, the equation

2
AC3 = C4 - [ (/99.6508 + C3 - .0366 )

- 99.6508 ]
was used. The constant, 99.6508, is the square of the escape
speed (in units of km/sec) at a distance of 8000 kilometers from

the center of the Earth. The resulting values of AC3 are shown
in Table 2.3-2.

Table 2.3-2 C5 DECREMENTS

Cg (km/sec)2 AC, (km/sec)2
60 0.92
70 0.95
80 0.98
90 1.01

100 1.03
110 1.06
120 1.08
130 1.11
140 1.13
150 1.17

The method used to adjust the payload curves to account for the
114 degree launch azimuth is admittedly crude and may be somewhat
in error. Point checks of actual payload decrements due to non-
easterly launches in the case of a similar launch vehicle indicate
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that the AC3 values possibly should be greater by a factor of two.
Doubling the injection energy decrement would shift all the adjusted
payload curves downward by about 1.0 km“/sec®. The effective pay-
load decrement resulting from such an additional shift would be

less than 4 percent in all cases except for payloads smaller than
1600 1bm on the Titan IIICx/Centaur and smaller than 350 lbm on

the Atlas SLV3x/Centaur/HEKS launch vehicle.

2.3.2 Payload Capabilities for Jupiter Missions

In Figures 2.3-3 through 2.3-10, the payload capability of
each launch vehicle is shown as a function of flight time for
each launch opportunity between 1973 and 1980. The flight times
shown in these figures are mean values for 20-day-fixed arrival-
date launch windows; therefore, the actual flight time within
any launch window represented by a point on one of these curves
varies by +10 days from the indicated value. The C3 requirements
which define the payload capability for a given vehicle and flight
time were taken from the mission planning charts which were dis-
cussed in paragraph 2.2.3. It is noteworthy that, although Titan
IIICx/Centaur always has a greater maximum payload capability in
any given launch year, below a certain flight time the Atlas SLV3x/
Centaur/HEKS can deliver a greater payload. The break-even flight
time varies from 490 to 565 days, depending on the launch year.

In Figures 2.3-11 through 2.3-15, payload capability as a
function of flight time is summarized with respect to launch vehicle
rather than launch year. It is not surprising that the payload
capabilities of Sature V/Centaur and Saturn IB/Centaur/HEKS, since
they are rather efficient 4-stage vehicles, are relatively insensi-
tive to variations in flight time and launch year. The Titan
IIICx/Centaur is most sensitive to such variations, while Saturn V
and Atlas SLV3x/Centaur/HEKS exhibit a moderate degree of sensitivity.

2.3.3 References

2.3-1 Technical Direction Memorandum No. 1, Contract 951285,
7 January 1966.
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2.4 DETAILED MISSION PROFILE ANALYSIS

The detailed mission profile analysis has been conducted
to obtain histories of environmental data, pointing angles,
and similar design data for use in the subsystem design studies
and to determine the effects of targeting alternatives on
overall flight path characteristics. Mission profile character-
istics were defined (1) by the use of simple two-body trajectory
approximations and (2) by the use of very accurate numerical
integrations of the differential equations of motion.

2.4,1 Two-Body Trajectory Data

For the purpose of making two-body trajectory computations
and analyses, the overall flight profile was divided into four
phases: (1) Earth departure, (2) outbound heliocentric, (3)
encounter, and (4) post-encounter. Within each of these phases,
the particular trajectory approximation and analysis method most
appropriate to the phase was utilized.

2.4.1.1 Earth Departure Phase

Curves of geocentric distance versus time for typical Earth-
departure hyperbolas are shown in Figure 2.4-1. The time required
for the spacecraft to reach the boundary of Earth's activity
sphere ( & 925,000 kilometers) is typically on the order of
one day for Jupiter missions, as compared to approximately
three days for Mars and Venus missions. Assuming comparable
DSIF tracking configurations, this means that, on a Jupiter
mission, only about one-third as much close-in tracking data is
available prior to the execution of the first guidance correction
maneuver. However, according to heliocentric conic trajectory
data supplied by the Jet Propulsion Laboratory, the contribution
of orbit determination errors to the arrival position error
ellipse is roughly an order of magnitude smaller than the contri-
bution of a nominal 0.1 meter per second execution error in the
maneuver itself., Therefore, orbit determination accuracy during
the departure (geocentric) phase of the mission does not appear
to present a problem.

2.4.1.2 Outbound Heliocentric Phase

Two-body heliocentric trajectory data on a number of repre-
sentative Earth-Jupiter transfers were complied (Reference 2.4-1)
for use in the subsystem design studies. The heliocentric
geometry of a representative trajectory is shown in Figure 2.4-2.

2-81



3
GEOCENTRIC DISTANCE -- 10 KM
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In addition to the heliocentric and geocentric coordinates of
the spacecraft, the referenced report contains spacecraft-
centered coordinates (relative to a Mariner-type Sun-Canopus
reference system) of Earth and Jupiter at 10-day intervals, as
well as the spacecraft-relative speed and impact direction of
"average'' meteroids.

Of particular interest are the histories of communication
distance and Earth's out-of-beam-plane angle (Figures 2.4-3
through 2.4-5). These histories are applicable to a spin
stabilitv of spacecraft whose spin axis is approximately normal
to the ecliptic. They are used to investigate the feasibility
of communication with such a spacecraft. In this particular
design concept, a toroidal beam antenna is utilized for long-distance
communication. Therefore, the Earth (as seen from the spacecraft)
must be located within a fraction of a degree of the antenna
beam plane (normal to the spin axis). In order to demonstrate
antenna feasibility, is is necessary to show that a direction
in inertial space can be found such that the spacecraft's spin
vector is properly oriented during the major portion of the mission.
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HELIOCENTRIC GEOMETRY, TYPICAL 500-DAY MISSION

ORBIT

|

FIGURE 2.4-2

The figures cited demonstrate that such a concept is geometrically
feasible. One of the primary disadvantages of this concept is
that the choice of jovicentric encounter trajectories is essen-
tially limited to equatorial passages. This latter restriction

is necessary if the communication link is to be maintained

during the post-encounter phase of the mission.

2.4.1.3 Encounter Phase

In Figure 2.4-6, jovicentric distance is shown as a function
of time for representative encounter hyperbolas. For the purpose
of demonstrating the three-dimensional aspects of the encounter
phase of the mission, relatively crude but effective three-
dimensional models -- of which Figure 2.4-7 is a two-dimensional
representation -- were prepared for typical approach conditions.
These models have proved very helpful in visualizing the available
alternatives with respect to the planet-relative orientation of
the encounter trajectory.

The available alternatives in the area of encounter tra-
jectory characteristics are more clearly defined in Figures
2.4-8 through 2.4-10. The targeting charts for the 582-day,
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COMMUN ICATION SUMMARY , SPIN-STABILIZED SPACECRAFT, 1974 600-DAY MISSION
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DECLINATION 66.0°
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FIGURE 2.4-5

498-day, and 413-day flights correspond to arrival very near
the dates of eastern quadrature, opposition, and western quad-
rature, in that order. (These conditions are not exact because
the arrival dates are adjusted to obtain a difference of 180
degrees in the geocentric positions of Jupiter and the Moon

on the date of perijove passage). In each case the launch
occurs near the optimal departure date of the 1976 opportunity.

The targeting charts shown here are summaries of the data
contained in Appendix B. The charts shown in the appendix
contain more detailed information including the time interval
spent within Earth and solar occultation zones and the immersion
and emersion latitudes for Earth and solar occultations. As
pointed out in Appendix B, these data are based on a spherical
model of Jupiter and should therefore be regarded as only
approximate.

The aiming-point coordinates of trajectories 582A, 498A,
498B, and 498C are identified in Figures 2.4-8 and 2.4-9. These
trajectories were numerically integrated from injection to about
500 days after encounter, and the results of these integrations
are presented graphically in subsection 2.4.2.
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GEOMETRY OF TYPICAL ENCOUNTER TRAJECTORIES

APPROACH ASYMPTOTE
DIRECTION

FIGURE 2.4-7

2.4.1.4 Post-Encounter Phase

Some of the more pertinent characteristics of post-encounter
heliocentric trajectories attainable with the 582-day, 498-day,
and 413-day flights are summarized in Figures 2.4-11 through
2.4-13, The heliocentric retrograde and solar impact regions
of Figure 2.4-13 are particularly interesting. More detailed
data are presented in Appendix B.

As in the previous targeting charts, the aiming points for
the numerically integrated trajectories designated 582A, 498A,
498B, and 498C are those shown in Figures 2.4-11 and 2.4-12.
Post-encounter histories of these trajectories are contained
in subsection 2.4.2,

2.4.2 Numerically Integrated Trajectory Data

Selected trajectory profiles have been integrated numeri-
cally with the Jet Propulsion Laboratory's Trajectory Monitor
System (Fort Worth Division Procedure No. Y72). The purposes of
the Y72 runs were (1) to verify the two-body approximations
previously discussed and (2) to obtain certain spacecraft design
data which this computer procedure is uniquely capable of generating.
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Histories of selected flight and spacecraft design para-
meters of the 582A trajectory are shown in Figures 2.4-14
through 2.4-20. Similar histories for the 498A, B, and C
trajectories are shown in Figures 2.4-21 through 2.4-27. These
illustrations are essentially self-explanatory. Clearly shown
in Figures 2.4-21 through 2.4-23, are the great perturbative
influence of Jupiter and the wide range of post-encounter flight
path alternatives that are inherent in a Jupiter flyby mission.

2.4.3 Reference
2.4.,1 Wilson, S. W., Jr., "Earth-Jupiter Haliocentric Transfer

Trajectory Data,'" General Dynamics Corporation, Fort
Worth Division, MR-A-2001, 13 December 1965.
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TRAJECTORY NO. 582A: HELIOCENTRIC GEOMETRY
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HELIOCENTRIC LATITUDE - DEG.
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TRAJECTORY NO. 582A: CANOPUS CONE ANGLE VS TIME
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GEOCENTRIC DECLINATION - DEG,

TRAJECTORY NO. 582A: GEOCENTRIC DECLINATION VS. TIME
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TRAJECTORY NO. 498 A, B, & C: HELIOCENTRIC GEOMETRY
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SECTION 3
SPACECRAFT SYSTEMS DESIGN

AND ANALYSTIS

This section contains a description of the general aspects of the
design and analysis of spacecraft subsystems which are intended to per-
form flyby missions of Jupiter. Analyses have been made with regard to
(1) communications, (2) data management, (3) spacecraft control, (4)
navigation and guidance, (5) attitude control, (6) propulsion, (7) elec-
trical power, (8) thermal control, (9) radiation protection, (10) mete-
oroid protection, (11) structure, (12) mechanical design and configura-
tion, and (13) reliability. The section is arranged so that these topics
are presented in this order.

3.1 COMMUNICATIONS
3.1.1 Functional Requirements

3.1.1.1 Basic Communications Requirements

The communications subsystem will be used to perform four basic
functions: (1) transmission to Earth of scientific data gathered by the
spacecraft; (2) transmission to Earth of engineering data, i.e., the
condition of the spacecraft and its functions; (3) reception of command
signals from Earth to direct the spacecraft and its subsystems to per-
form certain functions; and (4) retransmission of ranging interrogations
to provide range information to Earth. The communications subsystem,
which will be used to accomplish these functions, will be considered as
being composed of four components: (1) the antenna, (2) the receiver,

(3) the transmitter, and (4) the modulator. The modulator can be con-
sidered as a part of the transmitter; but since it is used to add in-
formation to the radio signal returned to Earth, it will be considered

as a separate subsystem component. In order to maintain proper communi-
cations with Earth, the communications subsystem must receive an adequate
signal from Earth, receive data from the data management subsystem, modu-
late an RF signal by use of the data, amplify the modulated signal to

the necessary power level, and transmit this signal to Earth through a
properly oriented antenna.

3.1.1.2 1Interfaces

A simple block diagram of the interfaces between the communications
subsystem and other spacecraft subsystems is shown in Figure 3.1-1. The
signal flow between the communications subsystem and other subsystems
is as follows:
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1. Data management provides communications with conditioned
data at the proper information rate and in terms of a

time schedule suitable for input to the modulator.

2. Communications provides data management with signals
suitable for processing the communications engineering

data.

3. Communications provides command and control with demodu-
lated command signals received from DSIF,

4. Command and control provides communications with an
antenna-positioning signal, if applicable.

5. Electrical power is provided by the power subsystem.
COMMUNICATIONS INTERFACES

COMMAND
AND
CONTROL

RCVD
h COMMANDS

ANT POS

COMMUNICATIONS

DATA
FOR XMSN

EELECTRICAL POWER

POWER

FIGURE 3.1-1

COMM ENGR
DATA

3.1.2 Identification of Trade-0Offs

DATA
MANAGEMENT

The trade-offs considered necessary for defining efficient systems
are those between the various functional parameters,
various physical parameters, and between the functional and physical

parameters.

between the

The trade-offs to be made for the communications subsystem

being considered in this study are shown diagrammatically in Figure
3.1-2. 1In this diagram, the antenna design is shown to be dependent




upon the spacecraft stabilization, the pointing accuracy which can be pro-
vided by the command and control subsystem, and the transmitter power.
Transmitter design is a function of the type amplifier selected, the
electrical power required, and the antenna design.
COMMUNICATIONS SYBSYSTEM TRADE-OFFS

A. SPIN STABALIZED T CAVITY
1. AXIS ORIENTATION o TWT
ANTENNA TRANSMITTER
2. CONFIGURATION COMPONENT COMPONENT 3. AMPLITRON
B, 3-AXIS STABALIZED 4. SOLID STATE
CONFIGURATION 5. KLYSTRON
:%LTJTRTC% COMM. SYSTEM POWER REQ'D
INFO RATE POWER SUBSYSTEM
C&CS
TRAJECTORY
WE'fHT MODULATOR RELIABILITY
SI1ZE COMPONENT (REDUNDANCY)

DATA
MANAGEMENT

FIGURE 3. 1-2

The information rate is dependent upon the effective radiated power
(transmitter power multiplied by antenna gain) and the modulation scheme.
Information rate is also dependent upon the coding technique and informa-
tion storage capability of the data management subsystem. The spacecraft
trajectory affects the entire subsystem because it both determines the
length of the spacecraft Earth link and defines the antenna-positioning
requirements. Finally, the weight, size, and reliability of the entire
subsystem must be considered.

3.1.2.1 Antenna Problems and Considerations

Before specific problems are discussed, it is well to review possi-
ble antenna types. These fall into three major categories. Antennas,
such as bicones, round waveguide slot arrays, or collinear arrays, pro-
duce toroidal patterns. Antennas which produce such patterns are used
on spin-stabilized spacecraft and are always oriented normal to a given
plane (approximately that of Earth's orbit), and there is no need for
steering. The second category is that of pencil beam antennas. Such
antennas are used on a spin-stabilized spacecraft that exhibits a
properly oriented spin axis or on a three-axis stabilized spacecraft.
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Finally, another category of antennas used on spin-stabilized space-
craft is that of electrically de-spun antennas. These antennas could
be either arrays used in programmed scans or adaptive, self-focussing
arrays. The use of a Luneberg lens in conjunction with multiple
switched feeds, or some analogous device, is probably not practical
but is not out of the question.

Since the antenna is physically located on the perimeter of the
spacecraft, it will be susceptible to meteoroid damage. A discussion
of the mechanics of the problem and of possible protective measures is
presented in Appendix B. A solution of the problem is not considered
unreasonable.

Consideration is now given to the relative merits of the use of
various antenna types. Emphasis is placed on patterns, reliability,
and other germane considerations. Very little emphasis is placed on
costs, difficulty of construction, or difficulty of initial alignment.
It is assumed that the alignment can be effected on the ground and that
the cost and difficulty of construction is secondary in importance to -
reliability.

The first antennas to be discussed are those applicable to spin-
stabilized spacecraft; the first of these is the biconical horn.
Biconical antennas, being rotationally symmetric about an axis,
naturally produce rotationally symmetric patterns. Perturbations,
such as changes in the antenna surface shape, produce very little
effect on this symmetric character. Bicones are quite rugged and can
be confidently expected to survive a launch. On the other hand, there -
is a serious objection to using a bicone at the wavelength (13 centi-
meters) under consideration and for the gain and beamwidth desired (15
db and 3.6 degrees). The objection is that a biconical horn of even -
180-inch diameter needs to be compensated by placing a lens in its
mouth in order to obtain the desired gain and beamwidth (Reference
3.1-1). Such a compensated horn would be about 7 feet in height, as -
can be seen in Figure 3.1-3. Smaller diameter biconical horns exhibit
even smaller maximum gain if they are uncompensated. In addition,
circular polarization is difficult to obtain.

A collinear array, or any form of linear array of the same height

as the compensated bicone, provides the same gain (Reference 3.1-2). -
However, for the case of the ordinary, simply fed collinear array (con-
sisting of a line of end-fed halfwave dipoles separated by quarterwave
sections), this gain is very difficult to obtain and is easily disturbed
by vibrations, etc. The required gain is more easily obtained by using
a broadside array instead. The problem of feeding such a broadside
array without producing azimuthal variations in the pattern is difficult,
but it could probably be solved by using cylindrical dipole elements and
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GAIN (db)

running the feed line inside them. It is then necessary either to run
perhaps 16 feed lines or to provide baluns and power dividers along
the length of the array. Such an array is also susceptible to vibra-
tions. Also, for the case of both the above array types, circular
polarization is difficult to obtain.

GAIN OF ANTENNAS WITH TOROIDAL PATTERNS

15

O T T 1
0 -INCHES |, 20 . 40 , 60 , 80 100
0 -FEET 1 2 3 4 5 6 7 8
HEIGHT
FIGURE 3.1-3

Most of the feed, ruggedness, and polarization problems are greatly
simplified by use of a different design concept. Slots are cut in the
wall of a circular waveguide and fed by waveguide mode fields. A suf-
ficient number of slots, six or eight, cut around the circumference of
the waveguide, produces pattern symmetry within any reasonable tolerance
(Reference 3.1-3). Circular polarization is obtained by cutting cross-
slots. Slot groups are used to form a linear array and phased prcperly
by proper spacing (Reference 3.1-4). On the basis of the above ccnsid-
erations, it appears likely that a slotted waveguide comprises the most
practical antenna for producing an azimuthally symmetric pattern under
the circumstances. Such an antenna, which is 4 inches in diameter and
7 feet tall, produces a gain of 15 db. If less gain is acceptable, the
height can be correspondingly reduced as shown in Figure 3.1-3.

No form of de-spun antenna, either mechanical or electrical, is
considered to be practical. The former is impractical because of
obvious mechanical difficulties experienced in the use of bearings,
rotary joints, etc.; the latter because of more subtle difficulties
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with timed switches (which affect reliability), accurate pointing,

and many other problems. However, three possibilities present them-
selves. The simplest in concept is a pencil beam type array in which
a clock and computer, or equivalent, are used to time the programmed
beam scanning so that it points in the desired direction. Implementa-
tion of this concept is dependent on the use of not only a simple de-
spin but also a changing de-spin to track the Earth in its orbit at
different points in the spacecraft orbit. Such a setup seems impracti-
cal to build and program (though not impossible) and quite risky in
view of the possibility of failure. 1In a more complicated concept,
which might be called '"crude electronic de-spin,'" a number of patterns
are used. Each of these patterns covers one quadrant or one semicircle
of azimuth. An example might be the use of four cardioid patterns.
Such patterns can be obtained by using four collinear arrays, for ex-
ample, or by use of a septated waveguide array, in which the waveguide
is separated into four sections by walls and fed one section at a time
(Reference 3.1-5). Simple switching is then used to select the pattern
which provides the coverage of a full quadrant (for instance) at a time.
The selected pattern is in the quadrant including Earth. The restric-
tion of the radiated power to a segment of the full 360 degrees of
azimuth thus produces additional gains on the order of 3 to 6 db. It
should be possible to furnish a simple program that can be used to
provide decisions on switching to one of the four patterns. Another
concept which is really somewhat easier to implement is the concept of
the adaptive or self-focussing array. Such an array works in the fol-
lowing way. Each individual element senses the phase of an incoming
signal and sends out a transmitting signal with the opposite phase;
consequently, a transmitted wave is produced. This wave is focussed

on the origin of the received wave. Thus, in effect, such an antenna
produces a beam in the direction of the transmitter of a received wave.
A pilot pointing wave is required for such an antenna to operate, but
this is no serious disadvantage. The main problem is that each indi-
vidual element must receive (because of its own pattern gain) sufficient
power for the phase of the incoming signal to be detected. It may be
that a self-focussing or adaptive array would be more reliable than any
other type if the individual elements could receive enough power. In
the formulation of all the above de-spin concepts, it has been assumed
that it was not feasible to de-spin anything but an array. It is felt
that the case for such a statement is sufficiently well established
that no other possibility will be discussed here. However, other pos-
sibilities, such as the use of Luneberg lenses in conjunction with
multiple feed elements which can be switched in the proper sequence,

do exist.

In regard to antennas for use on 3-axis stabilized spacecraft,
it is clear that some form of reflector is the best choice. Reflectors
are mechanically stable, simple to design and construct, almost invul-
nerable to meteoroids, and easy to make circularly polarized (by
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providing a circularly polarized feed). It is difficult to name
any important disadvantage. Reflectors can be designed to produce
any reasonable gain consistent with the area which is specified,
and no other antenna type of the same size can be used to better
advantage. It is also easy to provide beam shaping by the use of
reflectors.

3.1.2.2 Transmitter Amplifier Problems and Considerations

The type of transmitter amplifier which is considered as being
compatible with DSIF at S-Band frequencies was limited to four types
of vacuum tubes, plus solid state. Solid-state amplifiers in general
have exhibited excellent reliability and stability in comparison to
vacuum tube devices. The overall efficiency of a solid state S-Band
amplifier is comparable to that of the better vacuum tube devices.
However, the power level deemed necessary in this study cannot be
achieved by the use of the present solid-state S-Band equipment.

Of the vacuum tube devices, the negative grid tube is probably
the most familiar. The tube elements can be configured to exhibit
an acceptable cathode-to-plate transit time at S-Band, e.g., the
planar triode. The amplifier is then a class C power amplifier
with cavity resonators. There is no problem in attaining the re-
quired power levels or in building the tube and cavity ruggedly
enough to achieve stability. However, cavity amplifiers in the
10- to 20-watt range typically attain overall efficiencies in the
order of 15 to 20 percent (Reference 3.1-6); however, one manu-
facturer claims an overall efficiency of 28 percent for the case of
a 100-watt output. Unfortunately, operating these tubes under the
conditions of maximum tube life results in roughly half the above
stated efficiency.

The recently developed, electrostatically focussed klystron
has demonstrated overall efficiencies of about 30 percent. The
conventional intermediate power klystron has demonstrated a life
of 5000 hours. However, because of the significant difference
between the conventional and electrostatically focussed klystron,
a long life for the latter cannot be assumed (Reference 3.1-7).

The traveling wave tube (TWT) has undergone considerable de-
velopment work since the advent of space communications. Many
reliable, efficient TWT's have been developed for space applica-
tions under NASA programs. Power levels of up to several hundred
watts have been realized. It is not unreasonable to assume that
an efficiency of 35 percent for the case of a 50-watt output can
be readily attained.
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The amplitron is a cross-field microwave tube. 1Its greatest
attribute for space applications is its high efficiency which may
run as high as 55 percent (Reference 3.1-7). Until recently, the

amplitron was not considered suitable for space applications because

of the large magnet needed as a part of the assembly. Recently,
lightweight tubes have been developed. However, no reliability
figures are available for the case of the lightweight tubes.

If it were necessary to provide a detailed transmitter ampli-
fier design at this time, a TWT would be recommended because of the
combination of reliability, efficiency, and power level. However,
at the present pace of development, all microwave amplifiers should
be surveyed before a design is finalized. 1In this study it is
assumed that TWT's are used in the transmitter amplifier.

3.1.2.3 Modulation Systems

Presently, DSIF is designed to receive data from spacecraft by
using coherent phase-shift-keying (PSK) modulation. A considerable
amount has been written on this modulation scheme showing it to be
one of the more efficient systems. In addition, synchronization
is readily generated by using a pseudorandom noise sequence. To
illustrate the system, the following example is presented. The
DSIF is assumed to have the characteristics listed in Table 3.1-1
(Reference 3.1-10):

Table 3.1-1

DSIF ASSUMED CHARACTERISTICS

Antenna Gain 61 db
Receiver Sensitivity -182 dbm (40°K)
Receiver Threshold -170 dbm (2 Bygo = 12 cps)

-165 dbm (2 Byg = 48 cps)

-160 dbm (2 Bygy = 152 cps)
(2 Byg is the receiver loop noise bandwidth).

The spacecraft parameters listed in Table 3.1-2 are assumed.
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Table 3.1-2

SPACECRAFT ASSUMED CHARACTERISTICS

Transmitter Power 45,5 dbm (35 watts)
Antenna Gain 30 db
Miscellaneous Losses 2 db
System Tolerances 6 db

The output of the transmitter is optimized so that half the power
is in the sideband and half in the carrier. Therefore, the modula-
tion loss is 3 db.

The normalized signal-to-noise ratio is found by use of the
equation

S/Ng = Pp = Py + Gp + Gg = Lg - & - Iy

where
Pp = Transmitter Power

Modulation Loss

23

Gr = Spacecraft Antenna Gain

GR = Receiver Antenna Gain

Lg = Space Attenuation

# = Normalized Receiver Noise Density
Iy = Miscellaneous Losses and Tolerances.

1f the communications distance is 6 a.u., the space attentuation
is 278 db. Thus, for this example,

S/Ng 45.5 - 3 + 30 + 61 - 278 + 182 - 8

Il

S/Ny, = 29.5 db
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With PSK, a given value of ST/No (where T is the period of one
bit) implies a given bit error probability (Reference 3.1-9). To
maintain a bit error probability of 10-3,

ST/No = 6.8 db.

At a bit rate of 67 bps,

S/No 6.8 + 10 log 67

S/Ng = 25.1 db.

The difference between the actual and required S/No is called
the "performance margin'; in this case, the margin is 4.4 db. The
performance margin is important because it represents a safety
factor that needed in order to overcome any unforeseen degradation
of systems parameters. In addition to obtaining the necessary S/N
ratio for an acceptable bit error probability, it is necessary to
maintain a carrier signal level which will keep the phase loop
locked. This required signal level is the receiver threshold.

o

The carrier power received is

Pp = Pp = Py + Gp + Gy - Lg - Ly,

where P, is the received power and the other parameters are as pre-
viously defined. Then, in the example being considered,

45.5 - 3 + 30 + 61 - 278 -~ 8

PR

Pr 152.5 dbm.

In the case of a receiver loop bandwidth 2 Byg of 152 cps, the
receiver threshold is -160 dbm. Another performance margin can be
mentioned here; this margin is 160 - 152.5 = 7.5 db. A performance
margin is also needed here to account for unforseen degradations.
Consequently, there are actually two performance margins to be con-
sidered relative to PSK modulation.

When information rates are greater than approximately 4 bps,
holding a ST/N, = 6.8 db to obtain a bit error probability of no
more than 10-3 ensure that phase lock will be maintained. This
fact is illustrated by letting T = 0.25. Then S/Nj = 6.8 - 10 log
0.25 = 12.8 db. From the previous equation for S/N, and PR,

PR = S/NO +¢

Pr 12.8 - 182 = -169.2 dbm
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This level will be sufficient to maintain phase lock if a loop band-
width of 12 cps is utilized. However, at bit rates lower than 4 bps,
the maintaining of phase lock becomes a limiting factor.

In order to evaluate the limitations of PSK modulation at low
data rates and 6 a.u. communications distance, consideration will
be given to a spacecraft subsystem where transmitter power is 44 dbm
(25 watts) and where antenna gain is 14 db. 1If the other spacecraft
and DSIF characteristics listed previously are also assumed,

S/N, = 44 - 3 + 14 + 61 - 278 + 182 - 8

S/Ng = 12 db.
For an error probability of 103 in PSK, ST/N, = 6.8 db, At one bit
per second, T = 1 second = 0 db, and S/NO = 6.8 db. This value leaves

a performance margin of 12 - 6.8 = 5.2 db.

The received carrier power 1is

P 44 - 3 + 14 + 61 - 278 - 8

R
-170 dbm.

P

The performance margin here is zero for the case of 2Byg of 12 cps
and is not acceptable. However, if the loop noise bandwidth is re-
duced to 3 cps, a reduction which does not seem impractical for the
1973-1980 time period, the DSIF threshold is changed by 6 db to -176
dbm, and a 6-db performance margin is provided in the receiver lock
threshold.

Because of the above mentioned limitations of PSK modulation
at low data rates, other suggested modulation methods may be more
efficient at low data rates. One such method has been presented
by Goldstein and Kendall (Reference 3.1-8) and is called Multiple
Frequency Shift Keying (MFS). The performance of this technique is
evaluated below for comparison with PSK on the basis of using the
same parameters as those used in the preceding example.

When MFS is used, all the transmitted energy contains informa-
tion. Therefore, Py = 0, and

S/Ng = 44 - 0 + 14 + 61 - 278 = 182 - 8

S/Ng, = 15 db.
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Goldstein

where
Pe =
N =
T =

T max =

0 (x)

and Kendall have shown:
N-1
Pe = ~5 [1-9<S/N L \/—’—‘LF_E‘.%Z‘_>}

Probability of bit error
2k where k = number of bits per word

The time length of transmission of one word

The period of truncation of the received signal

9 X
= —_ -y
7 J‘ e dy .
o)

In this study, data is considered to be transmitted by use of
a seven-bit word for engineering data and a ten-bit word for scien-
tific data. The MSF method would best be implemented by using a

seven-bit

word so that one word could be transmitted for engineer-

ing data and two words for scientific data. In the case of scienti-

fic data,

the four extra bits could be used as a lable. Then to

obtain one bit per second, the transmission time per word is seven

seconds.

In an overall receiver stability of 75 cps is assumed,

2 1t pax is 0.013. Then, on the basis of a bit error probability
of 10~3 and the approximation

e-X2
1 -06(kx) =

x 7

it can be shown that
(S/N,) — [-2_Tmax = 3.06
m T
Then
s/N, = 2:06T V75 _ 314
J 7
or
s/NO = 15.0 db.

thus the performance margin is 15 - 15 = 0 db.

3-12



Since S/Ng is a function of 1/ J T, the performance margin
can be improved by increasing the transmission time if the word
length remains constant. Doubling the transmission time will de-
crease the required S/No by 1.5 db. Consequently, reducing the
bit rate to 1/8 bps will yield a performance margin of 4.5 db.

It may seem that another means of increasing the performance
margin would be shortening the word length. A four-bit word could
be readily implemented by using two words to transmit engineering
data and three words to transmit scientific data. Analyzing this
configuration yields a required S/No, of 15.8 db to obtain an infor-
mation rate of one bit per second.

The implementation of either MSF or PSK for bit rates less
than 4 bps is contingent on some modification of the DSIF. 1If PSK
is used, a narrower loop filter is necessary. In the case of MFS,
a special detector is necessary. In addition, Doppler shift is
another problem which may occur in using either method. Some method
will have to be devised to provide a variable bias to the frequency
of the ephemeris-controlled local oscillator to correspond with the
Doppler rate. In PSK systems where loop noise bandwidth is 3 cps,
the Doppler tracking rate capability is reduced by 6 db. The present
rate capability of 4 cpsps at 2Brg = 12 cps would then be reduced to

1 cpsps.

Therefore, Doppler rates present a problem in either case. Some
other Doppler shift considerations for the communications subsystem
are discussed in subsection 3.1.2.7.

Table 3.1-3 contains a comparison of the modulation schemes
considered in this study.

Table 3.1-3

LOW DATA RATE MODULATION COMPARISON

Sys tem Bit Rate Margin Considerations
PSK 1 Info., 5.2 db None
Revr. Threshold, 0 db
PSK 1 Info., 5.2 db 2 Big = 3 cps
Revr. Threshold, 6 db
MSF 1 0 db Note 1,
7-bit word
MSF 1 -0.8 db Note 1,
4-bit word
MSF 1/8 4.5 db Note 1,
7-bit word
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Note 1: To implement MSF, a special detector system must be in-
corporated at DSIF.

On the basis of the foregoing analyses, PSK is recommended
as the modulation method at all data rates > 1 bps. No problems
in the use of this method are forecast at data rates of four bits
per second and greater. At lower data rates, problems will occur
in the use of either the PSK or MFS methods. Ways of overcoming
these problems in either system have been presented. PSK is
recommended rather than MSF in the interest of uniformity, a lesser
amount of DSIF modification, and a higher data rate.

3.1.2.4 Earth System

Before examining the methods to be used in synthesizing a
spacecraft communications subsystem, the characteristics of the
Earth station should be defined.

For the purpose of this report, the full DSIF capability is
assumed, i.e., a receiver noise temperature of 40°K, a receiving
antenna gain of 61 db, a receiver frequency of 2295 mc, a trans-
mitter power of 100 KW, a transmitting antenna gain of 51 db, and
a transmitting frequency of 2113 mc. No attempt has been made to
schedule communications with the spacecraft, and continuous com-
munications capability is assumed except when the line-of-sight
between Earth and the spacecraft is blocked. However, the schedul-
ing of transmission times would be a minor item.

3.1.2.5 Antenna Positioning

The problem of positioning pencil beam antennas must be dis-
cussed before the discussion of the entire subsystem is continued.
Since a pencil beam antenna, such as a parabolic reflector, trans-
mits energy only in a very small solid angle, it is necessary to
point the antenna very accurately. Figure 3.1-4 shows a curve of
necessary pointing accuracy versus antenna gain. To point the antenna
with such an accuracy is probably most easily and reliably done by
command from the ground, because the use of an elaborate on-board
antenna pointing system is eliminated. Pointing can be achieved by
means of steering either the spacecraft or the antenna alone. Steer-
ing is accomplished by changing the antenna position in discrete
angular increments within two planes of freedom. When the antenna
beanwidth and the Earth's position relative to the sun are known,
the magnitude of these increments can be preselected. An example
of Earth-Sun position is shown in Figure 3.1-5.
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INFORMATION RATE, bps

3.1.2.6 Spacecraft Subsystem

The spacecraft subsystem selection is basically dependent on
tradeoffs between transmitter power, antenna gain, and information
rate. To aid in these trade-offs. Figure 3.1-6 was conceived. In
this figure, antenna gain is shown as a function of the information
rate and the transmitter power which is necessary to maintain an
error probability not greater than 0.001. Consequently, the signal-
to-noise per unit bandwidth times (ST/N) must equal 6.8 db
(Reference 3.1-9). The equation presented in paragraph 3.1.2.3 to-
gether with the DSIF parameters, was used to construct Figure 3.1-6.

000 PSK TRANSMISSION CHART

DISTANCE = 6AU, SPACE ATTENUATION = 278 db
Gr= TRANSMITTER ANTENNA GAIN

DSIF RECEIVING CAPABILITY

o ]

7/

TRANSMITTER POWER, WATTS
FIGURE 3.1-6

Antenna gain is considered first. Since increases in antenna
gain increase the effective radiated power of the subsystem with no
increase in electrical power input, the antenna gain is made as
large as possible within physical and positioning limitations. After
the attainable antenna gain is determined, it is necessary to choose
either a bit rate or transmitter power. Because the transmitter
power necessary to transmit all the required data in real time is
generally prohibitive, it is always necessary to store data. There-
fore, the transmitter power is chosen to be compatible with equip-
ment limitations and the electrical power subsystem. This choice
then determines the bit rate. The bandwidth is determined on the
basis of the bit rate and modulation characteristics. Then by con-

structing a gain - loss chart, system operation will be confirmed.
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3.1.2.7 Operational Considerations

Before specific recommendations for spacecraft subsystems
are presented, two operational problems should be discussed. The
first problem is that of high Doppler rates. To obtain the maxi-
mum DSIF threshold of -170 dbm, the Doppler rate must not exceed
4 cpsps. However, at a perijove altitude of one radius, Doppler
rates on the order of 100 cpsps will be experienced from a posi-
grade pass. The loop bandwidth available within DSIF to track
this Doppler rate is such that the threshold sensitivity must be
-160 dbm which allows tracking rates up to 150 cpsps. The actual
Doppler rate of the received signal is dependent upon the altitude
of the perijove and the direction of the pass. 1In the case of a
minimal capability spacecraft, it may be necessary to suspend
telemetry, and DSIF may actually lose all communications with the
spacecraft for several hours on either side of perijove. Curves
of the expected Doppler rates for various passes are contained
in Figure 3.1.7.

The second problem pertains to the considerations necessary
for an occultation experiment. As indicated above, the Doppler
rates at encounter allow a threshold sensitivity of -160 dbm. In
order to make a meaningful occultation experiment, a performance
margin of 10 db vould be desirable. 1In addition, considerable
signal attunuation and scattering can be expected from the Joivan
atmosphere. A reasonable estimate of the attenuation and scatter-
ing degradation is in the order of 25 db. Therefore, the received
signal level should be at least -125 dbm. At an encounter distance
of 6 a.u., an effective radiated power of 100 dbm must be produced.
This value is beyond the limits of the spacecraft considered in
this study. However, an occultation experiment can still be
attempted, but the success of such an experiment 1is questionable.

3.1.3 Conclusions
3.1.3.1 Antennas

Thin double walls, as discussed in Appendix B, are recommended
for antenna construction because of light weight and invulnerability
to meteoroid damage. Slotted waveguide antennas are used on spin-
stabilized vehicles. The concept of using pencil beam antennas
pointed along the spacecraft spin axis was eliminated because of
the added complexity in continually controlling the spin axis orien-
tation. This problem is discussed further in Section 1. The bicone
antenna is more vulnerable to meteoroid damage than the slotted
waveguide, and it also imposes the problem of manufacturing a precise
compensating lens. Furthermore, circular polarization is readily
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obtainable from the slotted waveguide while the bicone is basically
a vertically polarized antenna.

It is recommended that parabolic, high-gain antennas with
Cassegrainian feed be used in all three-axis stabilized vehicles
to protect the feed point. Two horn-type feeds are felt to be
necessary: one to provide a normal antenna pattern and one which
is an "off-focal point'" feed to spoil the beamwidth and thereby
provide a broader beamwidth. This feedpoint is used so that a
wide beamwidth is available for reacquisition, in the event that
communication with the spacecraft is lost.

3.1.3.2 Transmitters

At this point in time, the transmitter is considered to be
a traveling-wave tube. However, the developments in the other
types of microwave tubes must be monitored. The transmitter con-
sists of two amplifiers and two exciters, any combination of which
can be selected to meet the reliability requirements of the
spacecraft.

3.1.3.3 Modulation

PSK modulation with PN synchronization is recommended on the
basis of the discussion contained in paragraphs 3.1.2.3. While
this system falls very short of providing the theoretical maximum
efficiency, it is the more efficient of the two systems investi-
bated. It is also compatible with the present DSIF equipment. The
synthesis of a new modulation system was not attempted.

3.1.3.4 Subsystem Configuration

A typical communications subsystem is shown in Figure 3.1-8.
The interfaces between the communications subsystem and other sub-
systems are (1) antenna commands from command and control, (2)
composite ground commands to command and control, (3) composite
data from data management, (4) electrical power from the power
subsystem, and (5) engineering data to data management. The
operation of the communications subsystem is described below.

The automatic phase control receiver demodulates the signal
received from the Earth. This signal is in the form A sin
(wot + @c + @) where A = amplitude, wot = carrier angular velo-
city, @c = command phase modulation, and @y = range phase modulation.
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The general method of operation is for the spacecraft
reciever to track the phase component of the received signal.
This signal is locked to the received signal and provides two-way
Doppler range tracking. The output from the receiver is a
voltage controlled oscillator (VCO) signal that is translated
at a known ratio and is used as an input signal to the exciters.

The exciter signal is then biphase modulated with digital
data from the data management subsystem, amplified in a TWT
amplifier, and radiated by the antenna. In the event the signal
from the Earth is lost, the VCO is replaced by a crystal oscil-
lator. Then the spacecraft radio transmitts back to Earth a non-
coherent data signal that is referenced to the internal crystal
oscillator. The receiver also demodulates ground commands and
feeds them to the command and control subsystem. In addition,
range interrogations are recognized and transponded.

To improve reliability, two exciters and two receivers
are recommended. A reliability analysis or the communication
subsystem is reported in subsection 3.13. The control circuit
assigned the task of selecting the operational receiver monitors
the output VCO signal voltage. Upon loss of the signal, the
second receiver is automatically selected. However, if a phase-
coherent signal from the Earth is not received within a pre-
selected time (for example, 8 hours), the control circuit switches
back to the other receiver. This approach will aid re-establish-
ment of Earth tracking under adverse conditions.

The power output of the selected exciter and the selected
TWT amplifier are monitored. If either of these units falls
below a specified signal level, the built-in test control circuit
automatically switches to the other unit. In this way, any
combination of the two exciters and two TWT amplifiers can be
used. This approach is considered to be necessary to satisfy
the anticipated reliability requirements. In addition, redundant
TWT power supplies are recommended. Another reliability consi-
deration is incorporated in the high-gain antennas. This is the
beam spoiling feature described in 3.1.3.1 which allows fecr re-
acquisition of the spacecraft in case communications is lost
because of an improperly-pointed antenna. A complete discussion
of subsystem reliability is contained in subsection 3.13.

Except for the high-voltage power supply and the output
TWT amplifiers, the circuits of the communication subsystem
operate at a low power level. Where applicable, all circuitry
is solid state. The temperature limits to be maintained are
-54 to 495 degrees centigrade.
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3.2 DATA MANAGEMENT

The data management subsystem of a Jupiter flyby spacecraft is
used to perform the following two significant functions:

1. To provide an efficient interface to encode data from the
scientific and engineering sensors and to transfer these
data to the communications subsystem for subsequent
transmission.

2. To provide an efficient method of detecting and decoding
ground commands received by the communications subsystem
and to transfer these commands to the appropriate instru-
ment for execution.

The four elements of the data management subsystem shown in
Figure 3.2-1 are the Data Automation Element (DAE), the Data Encoder
Element (DEE), the Data Storage Element (DSE), and the Command De-
tector and Decoder Element (CDDE).

DATA MANAGEMENT SUBSYSTEM
ENGINEERING DATA DATA COMMUNICATIONS SUBSYSTEM
AN ENCODER 4—)
ELEMENT

SCIENCE DATA DATA DATA
AUTOMATION STORAGE
ELEMENT ELEMENT

SPACECRAFT SUBSYSTEMS COMMAND COMMUNICATIONS SUBSYSTEM
‘ DETECTOR AND
DECODER ELEMENT

FIGURE 3. 2-1

3-23




3.2.1 Functional Requirements

The elements contained in this subsystem are used to perform
various functions. The specific functions supplied by each element
are listed in the following paragraphs.

The data automation element is used to perform the following
functions:

1. Control and synchronization of the scientific instruments
within the DAE timing and format structure, so as to pro-
vide information on the instrument internal sequencing,
and transmission of commands to the instruments as
required

2. Provision of the necessary sampling rates, both simul-
taneous and variously sequential, to ensure that meaning-
ful scientific data is obtained

3. Performance of the necessary conversions and encoding of
the several forms of scientific data

4. Formatting of the scientific data

5. Buffering of the scientific data which are obtained at
different and sporadic rates and subsequent transmission
to the DEE and the DSE at the desired rates and in the
desired modes

6. 1Issuance of commands which pertain to the operation of
the science subsystem and reception of such commands
from other subsystems aboard the spacecraft.

The data encoder element is used to perform the following
functions:

1. Control and synchronization of the engineering measure-
ment sensors within the DEE timing and format structure
so as to provide information on the measurement internal
sequencing

2. Provision of the necessary sampling rates to ensure that
meaningful engineering data is obtained

3. Performance of the necessary conditioning, conversion,
and encoding of the engineering analog signals and
event pulses

4. Formatting and combination of the engineering data with
serial binary data inputs from the DAE

3-24



5. Transference of serial binary data from the DSE to
the communications subsystem

6. Provision of data compression for all data

7. Addition of the binary coded data to the synchroniza-
tion code by means of modulo 2

8. Provision of the various command-selectable data transfer
rates to the communications subsystem in order to facili-
tate the optimum use of the available communications
capability throughout the mission

9. Provision of several command-selectable data modes to
permit processing flexibility: Mode I - engineering
data only; Mode II - engineering and science data;
Mode III - science data only; and Mode IV - tape re-
corder data playback.

The data storage element is used to perform the following
functions:

1. Provision of the required data storage capacity to store
scientific data from the DAE and engineering data from
the DEE

9. Provision of the capability to store data at the pre-
scribed rates

3. Provision of the capability to read data at the pre-
scribed rates.

The command detector and decoder element is used to perform
the following functions:

1. Detection of commands in the form of a binary square
wave subcarrier output from the spacecraft communications
subsystem demodulator

2. Decoding of the digital command