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FOREWORD

This report presents the results of a nine-month
study of "Radio/Optical/Strapdown Inertial Guidance
Systems" for future NASA unmanned space missions,
conducted by TRW Systems for NASA/Electronics
Research Center, Contract NAS 12-141.

The broad objectives of this study were to:

e Establish the guidance requirements for
a selected group of future NASA unmanned
space missions.

e Investigate possible guidance concepts
based on the appropriate use of radio,
strapdown inertial, and optical tech-
niques, with the further objective of
establishing the proper functional role,
the capabilities, limitations, and con-
straints of each of these elements in the
overall guidance system concept.

° Define feasible radio/optical/ strapdown
inertial guidance system design concepts
and equipment configurations.

e Perform analyses to establish the feasi-
bility (performance) of the selected design
concepts.

e Indicate areas of technology where state-

of-the-art advances are necessary.

Volume I summarizes the entire study, conclusions,
and recommendations. Volume II describes the detailed
findings that support these conclusions. Supplementary
material is presented in Volume III (surveys of electro-
optical sensors and of inertial instruments) and in

Volume IV (classified sensor data).
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1. INTRODUCTION

This report presents the results of a nine-month study of "Radio/
Optical/Strapdown Inertial Guidance Systems" for future NASA unmanned
space missions, conducted by TRW Systems for NASA/Electronics Research
Center. This volume presents the detailed study results. Additional

supplementary material is presented in Volumes III and IV,
1.1 STUDY OBJECTIVES
The broad objectives of this study were to:

° Establish the guidance requirements for a selected
group of future NASA unmanned space missions.

® Investigate possible guidance concepts based on the
appropriate use of radio, inertial, and optical tech-
niques, with the further objective of establishing the
proper functional role, the capabilities, limitations,
and constraints, of each of these elements in the
overall guidance system concept.

® Define feasible radio/optical/inertial guidance system
design concepts and equipment configurations.

° Perform analyses to establish the feasibility (per-
formance) of the selected design concepts.

® Indicate areas of technology where state-of-the-art
advances are necessary,

The study constraints and scope of the work are defined as follows:

1) The representative missions to be studied were:

o Synchronous earth orbit

® Mars orbiter mission

L Lunar orbiter mission

L Solar probe mission using Jupiter Assist,

2) The choice of inertial systems was limited to strap-
down systems.

3) Only existing NASA and DOD radio tracking systems
were considered, i.e., no new equipment developments
or facilities were considered,



4)

5)

The inertial instrument and optical sensor technology
to be considered was limited to reasonable projections
of the current state-of-the-art (to the early 1970' s).

Initially the study was limited to upper stage guidance
only. At ERC's request the study was expanded to
include boost phase guidance.

1.2 STUDY IMPLEMENTATION

In accordance with the stated objectives, the study was carried out

in the six major steps listed below.

1)

2)

3)

4)

5)

6)

Functional and performance requirements for the strap-
down inertial guidance subsystem and the electro-
optical sensors were defined by mission phase for each
of the four generic missions studied.

A survey was accomplished of state-of-the-art electro-
optical sensors and strapdown inertial components
(gyros and accelerometers) that potentially could be
used.

Based upon the results of 1) and 2), appropriate candi-
date sensors were selected and performance (error)
models were developed for them.

A study of possible radio guidance concepts and the
capabilities of existing NASA and DOD tracking systems
was conducted to define candidate systems, their
applicability, limitations, and performance capabilities
for the four missions.

An overall radio/optical/strapdown inertial guidance
system concept, equipment configurations, and oper-
ating sequences were developed for cach of the four
mission categories.

Performance analysis studies were conducted both
to investigate the performance capabilities of the
candidate radio/optical/strapdown inertial guidance
configurations and to demonstrate their adequacy
for the four missions.

The major emphasis in this study was placed on defining the configu-

ration of the onboard optically aided strapdown inertial subsystem, and the

definition and analysis of the functional and performance requirements for

this equipment. Although the digital computer, the tracking transponder

and data link, and the vehicle control system are essential elements of the




total guidance and control system, they have been considered only in a
functional sense in defining the guidance concept and configuring the system:;

detailed study of these elements is outside the scope of this study.
1.3 ORGANIZATION OF THIS VOLUME

Section 2 of this volume develops the guidance system functional and
performance requirements for the four missions. Mission and vehicle
assumptions and ground rules are defined and the characteristics of the
mission trajectories used for developing the performance requirements
and analyzing the performance capabilities of the recommended system

configurations are discussed.

Section 3 defines the recommended radio/optical/strapdown inertial
guidance system in terms of a matrix of equipment configurations by mis-
sion. Functional block diagrams of the recommended configuration for

each mission are presented.

Section 4 defines the candidate strapdown inertial guidance sub-
systems postulated for this study, presents appropriate preliminary design
information, and develops performance (error) models for the candidate

subsystems.

Section 5 defines candidate electro-optical sensors by mission and
mission phase, develops error models for the sensors, and presents

detailed information on sensor operating and design characteristics.

Section 6 covers the radio guidance studies, including a discussion
of possible radio guidance concepts, presents description and perform-
ance characteristics of the available tracking systems, and discusses their

utilization for the four missions studied.

Sections 7, 8, and 9 present the results of the mission performance
analysis studies. Section 7 covers the powered flight regime, Sections 8
and 9 cover the navigation performance analysis studies for the inter-
planetary trajectory phases, including midcourse and planetary orbit
insertion maneuvers. This includes a detailed study of Mars approach
guidance using DSIF tracking plus an onboard optical/inertial system,

incorporating a Mars approach guidance sensor.



2. MISSION CHARACTERISTICS, GUIDANCE SYSTEM
FUNCTIONAL AND PERFORMANCE REQUIREMENTS

2.1 INTRODUCTION

This section presents a summary of the mission characteristics and
requirements and the guidance system functional and performance require-

ments derived from these.

Under each mission heading, the mission and launch vehicle charac-
teristics, trajectories, and mission performance accuracy requirements
are summarized. Guidance system functional requirements and operating
sequences derived from the mission requirements, vehicle characteristics,
and guidance equipment capabilities are specified. Equipment configura-
tions and functional interconnections are presented for each of the missions

in Section 3.
2.2 STUDY ASSUMPTIONS AND DEFINITIONS

2.2.1 Mission Definitions and Requirements

It is assumed that the guidance requirements for the missions
studied are representative of at least a major portion of the total require-
ments for NASA unmanned missions in the next decade. However, mission
objectives are not precisely defined at the present time, and definitive pay-
load characteristics are not available. Also, launch vehicle selections for
the missions have not been firmly made, and definitive design data are
not available on vehicle upper stage concepts currently in the planning and
development stages. For these reasons, it was necessary to postulate
somewhat arbitrarily a set of specific mission performance requirements,
launch vehicle selections, vehicle and payload characteristics. These

assumptions arc detailed below.

For the same reasons as given above, it is not possible to present
complete and definitive performance (accuracy) requirements for the
guidance system. Consequently, some of the accuracy requirements pre-
scnted in this report are based on mission requirements determined from
past studies, and othcers are presented in parametric form. As more
definitive trajectory data and mission objectives become available, these

requirements can be updated.

-4-




The formulation of functional requirements and generic candidate
guidance system configurations is also dependent on mission analysis
although not to the extent to which the formulation of accuracy require-
ments is. The functional requirements and candidate configurations can
therefore be discussed in terms general encugh to be applicable to any

reasonable contemplated mission plans.

2.2.2 Postulated Vehicle/Payload Combinations

For purposes of this study, specific launch vehicle/payload com-
binations were postulated for the four missions. Table 2-I shows these
assumed combinations along with the interpretation of what constitutes the
"kick" stage for each of the missions. For the purpose of this study, the
"kick stage" has been defined to be the final propulsive stage. In some
cases this may be an actual upper stage such as Centaur or HEUS (High
Energy Upper Stage), and in other cases it may be a spacecraft such as
Voyager. The portion of the mission to which the kick stage guidance is
applicable also varies from mission to mission. The specific assumptions

made as to the "guidance regime" are shown in Table 2-1.

2.2.3 Upper Stage Characteristics

Widely accepted quantitative values do not yet exist for the kick
stage weights, mass ratios, propulsion capabilities (thrust, specific
impulse), and AV (velocity increment) capabilities. Without these, it is
impossible to define with any certainty the accuracy requirements for
any mission phase or midcourse correction velocity limits. Lacking
these data, it has been decided (1) to draw on results from other related
studies as much as possible, or (2) to present the requirements in para-

metric form.

For the thrusting and AV capabilities, it will be assumed for the
lunar and interplanetray missions, that the kick stage has two (or more)
discrete thrust levels, the lowest thrust level suitable for corrective AV
applications ranging from a few meters per second up to 100 m/sec. The
highest thrust levels would be used for major orbital changes, with AV
values up to several thousand m/sec. It is also assumed that the kick

stage has complete three-axis attitude control capability.

The postulated separation of functions between the primary booster
guidance and control (G and C) and the kick stage G and C are discussed

under the individual mission headings. 5
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2.2.4 Separation of Guidance Functions Between Kick Stage and
the Mission Payload

It was necessary for some of the missions to postulate the existence
of capabilities within the mission payload such as the capability for indepen-
dent attitude control, propulsive maneuvers for small orbital corrections,
communications, etc. At the time of separation of the payload spacecraft
from the kick stage, these functions are activated and the kick stage func-

tions terminated.

Since the payloads for the missions studied have not been defined in
detail, reasonable assumptions have been made based on current space-
craft design trends, For example, for the synchronous orbit mission, the
the payload spacecraft is assumed to have a capability for orbit trim and
station keeping functions, as well as attitude stabilization and control,
after insertion into orbit by the kick stage. Specific assumptions made

for other missions are discussed in Section 3 of this volume,

2.2.5 Definition of Terms

Certain of the definitions pertaining to the missions, the launch
vehicle, mission events, and trajectories used throughout this report are

summarized below.
2.2.5.1 Missions

In general, the term "mission" is used in this report to encompass
and describe the events which are associated with directing the launch
vehicle or the spacecraft from the earth and which terminate with the
accomplishment of the mission objectives. In the analysis of the various

missions throughout this study, the following terms are used:

® Synchronous earth- In the synchronous earth-orbit mis-

orbit mission sion, the launch vehicle is used to
place the satellite payload into an
earth-synchronous (24 hr period)
equatorial orbit at a desired longi-
tude. The injected payload (satellite)
is assumed to have orbit trim and
stationkeeping capability.



e Orbiter missions

e Solar probe mission

® Flyby mission

® Solar probe with
planetary swingby

2.2.5.2 Vehicle Terms

e Launch vehicle

In an orbiter mission, approximately
at the time when the spacecraft is
closest to the target body {(moon or
planet), its trajectory is deliberately
altered by a propulsive maneuver so
that it remains in an orbit about the
target body as a satellite.

In a solar probe mission the space-
craft is injected into a heliocentric
orbit that passes within a specified
distance of the sun. This is an
untargeted mission requiring no
trajectory alterations subsequent to
injection.

In a flyby mission the spacecraft
passes close to the target planet. No
propulsion forces are employed to
alter the trajectory so as to remain
in the vicinity of the target planet.
The spacecraft departs from the
region of the target planet. The
spacecraft departs from the region of
the target planet, although its trajec-
tory will have been perturbed.

In this mission the spacecraft passes
close to a planet with the purpose of
significantly altering the spacecraft
trajectory. After departure from the
target planet, the spacecraft continues
on a heliocentric trajectory to within
a prescribed distance from the sun.
No propulsive forces are employed to
alter the trajectory in the vicinity of
the target planet. For a given distance
of closest approach to the sun, this
technique may be used to significantly
reduce the launch vehicle AV require-
ments, usually at the expense of con-
siderably longer mission durations.

The launch vehicle includes the multi-
stage boost vehicle which injects the
spacecraft into the desired trajectory,
all hardware up to the field joint where
the spacecraft is mated, and the pay-
load shroud which protects the space-
craft. Generically, the launch vehicle
system also includes all appropriate
ground support and test equipment.




e Kick stage

e High Energy Upper
Stage (HEUS)

® Spacecraft

e Launch operations
system

® Mission operations
systems

2.2.5.3 Mission Events

For the purposes of this study, "kick
stage" refers to the final powered
stage of the launch vehicle (the pay-
load spacecraft is assumed to have
only limited velocity capability for
incremental orbit corrections). The
kick stage is assumed to have com-
plete three-axis guidance, navigation,
and control capability for all launch
vehicle stages except for the Mars
orbiter mission.

This is a particular kick stage con-
cept using an advanced propulsion
system burning high-energy propellants
such as Hy/F,. Typical gros's weight
is 3200 kg, The thrust to weight ratio
is approximately 1.

The spacecraft system encompasses the
payload itself and all its component
subsystems, the science payload, the
adapter which is mounted to the kick
stage, and limited propulsion capa-
bility for orbital corrections,

The launch operations system does not
include any flight hardware, but con-
stitutes the operational responsibility
for supporting and conducting the
launch of the combined launch vehicle
and spacecraft through the separation
of the spacecraft from the launch
vehicle.

Operational responsibility for support-
ing and conducting the mission after
the spacecraft is separated from the
launch vehicle is borne by the mission
operations system.

In the analysis of the various missions throughout the study, the

following terms are used:
e Prelaunch

e Launch

Collectively, all events before liftoff.

Collectively, all events from liftoff to
injection.



Liftoff and ascent

Injection (synchronous
earth-orbit mission)

Injection (lunar or
interplanetary
mission)

Separation (shroud)

Separation (spacecraft)

Orientation maneuver

Reorientation
maneuver

Midcourse trajectory
correction maneuver

e Encounter

Departure of the combined launch
vehicle-spacecraft from the ground and
ascent to parking orbit of specified
altitude (typically 185 km),

Thrust termination of the kick stage,
placing the kick stage/payload into a
transfer trajectory to synchronous
altitude from the parking orbit or,
alternately, into the final synchronous
earth orbit.

Thrust termination of the lower stages
of the launch vehicle, placing the

kick stage/payload into interplanetary
or translunar trajectory, from the
parking orbit.

Detachment of the nose fairing from the
launch vehicle during ascent.

Detachment of the spacecraft from the
spacecraft kick stage adapter after
injection.

A programmed alteration of the kick
stage attitude to cause it to assume a
desired orientation.

A programmed alteration of the kick-
stage attitude to cause it to return to
the cruise orientation.

A propulsive maneuver performed to
compensate for inaccuracies or pertu-
bations so as to redirect the kick stage
toward the intended aiming point.
Generally, it requires orientation to

a specific attitude, operation of the
rocket engine, and reorientation to -
the cruise attitude. The time of this
maneuver is during the interplanetary
or translunar flight, but not necessarily
at the midpoint.

Generally, encounter encompasses
events occurring when the spacecraft
is near the target planet. Specifically,
it refers to the time when the kick
stage is at its point of closest approach
(periapsis).



e Orbital insertion The propulsive braking maneuver by
which the (orbiter) spacecraft trajec-
tory at the target planet is changed
from approach (hyperbolic) to orbital
(elliptical).

2.2.5.4 Trajectory Terms

In discussing the trajectories possible for the various missions

studied, the following terms are used:

® Direct trajectory An interplanetary trajectory from the
earth to a target planet, in which no
intermediate planets (or satellites)
are approached closely enough to
significantly influence the trajectory.

e Swingby trajectory An interplanetary trajectory from the
earth to a target planet, in which an
intermediate planet is passed suffici-
ently close to exploit the effect of its
gravitational attraction. This exploi-
tation may provide reduced mission
duration, reduced launch energy, or
an opportunity for scientific observations
of the intermediate planet.

e Launch opportunity The time during which trajectories to
a target planet may be initiated from
the earth, with reasonable launch
energies. A launch opportunity is
usually identified by the year in which
it occurs and the target planet.

e Launch period The space in arrival date-launch date
coordinates in which earth-planet
trajectories are possible in a given
launch opportunity; specifically, the
number of days from the earliest
possible launch date to the latest.

e Launch window The time in hours during which a
launch is possible on a particular
day.

® Geocentric Described or measured with respect

(heliocentric; to inertial coordinates centered with
planetocentric) the earth (sun; planet). Pertaining to

the portion of the flight in which the
trajectory is dominated by the gravi-
tation of the earth (sun; planet).
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° C3,' launch energy,
injection energy

e Asymptote

e DLA
e ZAL
e ZAP
e ZAE
° V00 or VHP

e Parking orbit

2.2.5,5 Coordinate Systerns

Twice the geocentric energy per unit

mass of the injected spacecraft. This
is equivalent to the square of the geo-
centric asymptotic departure velocity.

The line that is the limiting position
which the tangent to a hyperbolic
(escape) trajectory approaches at
large distances from the attracting
center.

Declination of the outgoing geocentric
launch asymptote.

Angle between the outgoing geocentric
asymptote and the sun-earth vector.

Angle between the incoming planeto-
centric asymptote (at the target planet)
and the planet-sun vector.

Angle between the incoming planeto-
centric asymptote (at the target planet)
and the planet-earth vector.

Planetocentric asymptote approach
velocity.

An unpowered, geocentric, approxi-
mately circular orbit, separating the
powered portions of the launch injec-
tion sequence.

The various coordinate systems used in specifying performance re-

quirements and powered flight performance analysis results are defined

here.

ECI (Earth-Centered-
Inertial)

-12-

This is a right-handed coordinate
system, in which Z lies along the
earth's polar axis and X and Y lie in
the earth's equatorial plane, The X-
axis passes through the Greenwich
meridian or in the direction of the
Vernal Equinox at the time of launch,
(specified in text),



RTN (Radial-Tangential - A right-handed orthogonal coordinate

Normal) system in which R lies in the direc-
tion of the nominal position vector
from the center of the earth, and
N lies in the direction of the orbital
angular momentum, T forms a
right-handed orthogonal set with R
and N,

(X, Y, Z) Selenographic Moon-Centered Inertial Coordinates.
This is a right-handed orthogonal
coordinate system in which Z lies
along lunar polar axis, and X, Y lie
in the lunar equatorial plane with X
passing through zero lunar longitude
(Sinus Medii),

2.3 SYNCHRONOUS EARTH SATELLITE MISSION

For this mission, a typical launch vehicle can be assumed to be the
Atlas SLV3X-Centaur T with a variety of communication and meteorological
satellites as the payload. It is assumed that the satellite payload itself
has the capability of providing a AV for final orbit trim and stationkeeping.
The ultimate functional and performance requirements imposed on the
kick stage for this mission are to place a payload into a near synchronous
earth orbit, at the desired longitude, with sufficient precision that final
orbit trim corrections can be performed utilizing the limited propulsion
capability of the payload. The kick stage guidance system accuracy
requirements may be conveniently stated in terms of the payload AV
required to correct the residual errors after final injection. Reasonable

values lie in the range of 15-30 m/sec.

fThe payload and coast duration capabilities of this vehicle are severely
limited for this mission using the existing Centaur vehicle. For the pur-
poses of this study, these problems are ignored. It is assumed that the
Centaur vehicle may be modified to increase the payload capability, to
extend the permissible coast duration, and to permit three-burn operation
Another alternative, providing a large increase in payload capability, is

to add an upper stage (such as HEUS) to the vehicle. The guidance require-
ments are not expected to be significantly different for either vehicle
concept.
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For purposes of this study, it is assumed that the kick stage guidance
system provides the complete guidance and control of the launch vehicle
from liftoff through parking orbit insertion, transfer injection, and synchro-
nous orbit injection. Two extremes of ascent trajectories have been con-
sidered. In the first, the kick stage is injected into the transfer trajec-
tory to synchronous altitude from a 185 km " parking orbit" at the first
equatorial crossing from launch. In the second, the kick stage/payload
may remain in the 185 km parking orbit for as long as 12 hr before transfer
ignition. These are the extremes of the parking orbit coast period required

to reach any desired final longitude for this mode of ascent.

2.3.1 Mission Characteristics

For the purposes of this study, the major events of the synchronous
mission developed for the Atlas/Centaur (AC-8 configuration) have been
adopted and modified. Following liftoff from the Atlantic Missile Range,
a roll is introduced in the launch vehicle to obtain a launch azimuth of
90 deg. The Atlas booster is then controlled up to its cutoff (BECO) by a

predetermined booster pitch program.

Injection into the parking orbit is accomplished by using two con-
stant pitch rates selected to achieve the altitude and flight path angle for
injection into the 185 km parking orbit. The first pitch rate occurs during
the Atlas sustainer flight, lasting for ten sec after initiation of that phase,
while the second rate occurs during the Centaur powered phase. After
injection into the parking orbit, the Centaur coasts to the vicinity of the
equator (first crossing) at which time the second burn (approximately
1.5 min) injects it into a Hohmann transfer ellipse. This burn is per-
formed with a pitch rate that keeps the Centaur in a fixed attitude relative
to the radius vector, and terminated on a predicted apogee altitude equal
to that of the required synchronous circular orbit. During the coast in the

Hohmann transfer, approximately 5 hr, the Centaur maintains a fixed

inertial attitude.

Optimally, minimum energy requirements suggest dividing the orbit
inclination plane change between perigee and apogee. For launch from
AMR at 90 deg launch azimuth, the orbit inclination is 28.5 deg; approxi-
mately 2 deg should be removed at perigee and the remaining 26.5 deg at

apogee. For this study, the gains from pursuing this approach do not

-14-




overcome the complexities introduced. Therefore, the method adopted
for the third Centaur burn at apogee was to perform the total orbit plane

change simultaneously with injection into the synchronous orbit.

Just prior to reaching apogee, instantaneous yaw and pitch attitude
maneuvers were performed to establish an initial attitude for the final
burn (approximately 39 sec) such that the Centaur would achieve the cor-
rect synchronous orbit, Characteristics of the actual synchronous orbit

obtained are:

Altitude = 35,850 km (19, 326. 5 nmi)
Longitude = 102.7 deg

Velocity magnitude = 3,08 km/sec (10,087. 3 ft/sec)
Eccentricity = 0

Inclination = 0 deg

Period = 1,436.1 min

After injection into the circular synchronous orbit, the payload separates
from the Centaur. Any errors in the resulting spacecraft orbit are then

corrected by the spacecraft itself.

Developing the nominal trajectory presented above was contingent

on making the following simplifying assumptions:

a) A mission of this type requires a three-burn capability
from the Centaur. Since presently only a two-burn
capability is available, T the detailed sequence of events
of the second burn was duplicated for a third burn.

b) Payload maximization could be obtained by optimizing
several trajectory parameters such as launch azimuth,
plane change philosophy, parking orbit altitude, vehi-
cle attitude history, etc. However, for this guidance
study, the exact maximum payload weight is irrelevant
to the guidance scheme adopted. Hence, no payload
maximization analysis was performed.

TA two-burn (Centaur stage) mission profile is also possible, using the
technique as discussed under c) above. Although the three-burn capability
and the extended coast capability required for either mission profile is
not in the present Centaur design, these capabilities could be provided
by an improved Centaur stage or an alternate stage having similar capa-
bilities. It is beyond the scope of this study to assess the technical
feasibility of these design changes.

-15-



c) Positioning a 24-hr synchronous spacecraft above a
specified longitude may also be accomplished by
injecting into an orbit offset from the required circu-
lar synchronous orbit. A drift rate results which
allows the spacecraft to change its longitude. This
drift rate is then removed, and the final orbital cor-
rections made when the required longitude is reached.
Since these corrections would be executed by the
spacecraft and not the launch vehicle, guidance tech-
niques for the Centaur would not be affected if such
considerations were incorporated in this analysis.
Consequently, the spacecraft was targeted directly
into the 24-hr synchronous equatorial orbit, thus
neglecting offset drift orbit considerations.

d) An eight-orbit phasing coast in 185 km parking orbit
is simulated for certain runs by the analytical propa-
gation of errors in the error analysis program (see
Section 7). The remarks in b) above concerning
Centaur capabilities apply here as well. The event
times for the synchronous orbit missions are shown in
Tables 2-II and 2-III for cases without and with an
eight-orbit phasing coast, respectively.

2.3.2 Guidance System Operational Sequence

The guidance system operational sequence during each of the mission
phases is summarized below:
a) Launch and boost to ~ 185 km parking orbit: 1 The strap-

down inertial guidance subsystem is presumed to be
providing the guidance function for this phase. tt

b) Coast in parking orbit for a period t, with t depending
on desired longitudinal positioning of satellite (15 min
<t £ 12hr): During the coast period, the inertial
guidance subsystem is required only to provide vehicle
attitude control reference. The exact attitude profile
to be followed during the coast phase will depend on
the mechanization concept developed; however, at
transfer ignition (at equatorial crossing) the kick stage
attitude must be at that thrusting attitude required to
place the kick stage/payload into the desired transfer

This is a typical value assumed for this study and represents a reasonable
lower limit for this type of mission. The parking orbit altitude is chosen
as low as possible so as to maximize the injected payload weight. However,

below about 185 km drag effects limit the orbital lifetime of the vehicle.

HUnder certain conditions, radio guidance could also be used. See

Section 6 for a discussion of this possibility.
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Table 2-II.

Event Times Without Phasing Coast — Earth
Synchronous Orbit Mission

Time (sec)

Event

2.0
671.42822
1496.4282
1630.0493
20,052.415
20, 652. 415

20,737.026

Start first powered phase (boost)

Start first coast phase (circular)

Start second powered phase (perigee burn)
Start second coast phase (Hohmann transfer)
Apogee attitude update

Start third powered phase (apogee burn)

Start synchronous orbit

Table 2-1II. Event Times With Phasing Coast — Earth

Synchronous Orbit Mission

Time (sec)

Event

2.0
671.42822
43,381.5570
43,981.5570
44,115.1781
62,537. 5438
63,137.5438

63,222,.1548

Start first powered phase (boost)

Start first coast phase (circular)

Perigee attitude update and time update
Start second powered phase (perigee burn)
Start second coast phase (Hohmann transfer)
Apogee attitude update

Start third powered phase (apogee burn)

Start synchronous orbit
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d)

e)

orbit. The attitude control during the period immedi-~
ately prior to transfer ignition might be inertial only
or optically aided inertial using earth (horizon) and
sun sensors, Ground tracking might possibly be used,
particularly for the multiorbit cases, for navigation
updating of the transfer ignition burn time and of the
required vector velocity increment. See Section 6

for a discussion of this possibility.

Transfer burn to apogee: This phase will be con-
trolled autonomously by the strapdown inertial guid-
ance subsystem,

Transfer coast: During the approximately 5 1/4-hr
coast in the Hohmann transfer to the apogee at nominal
synchronous altitude, the inertial guidance subsystem
can again be relegated to the role of an attitude refer-
ence set. The kick stage/payload can possibly be
ground tracked to determine the apogee burn require-
ments. (Scc Section 6). Five to fifteen min prior

to apogee burn, absolute inertial attitude update can be
provided by celestial sightings.

Apogee burn: The apogee burn is designed to circu-

larize the orbit at synchronous altitude and is con-
trolled by the strapdown inertial guidance subsystem.
The use of the kick stage is presumably terminated at
this time and the payload is separated from the kick
stage.

2.3.3 Guidance System Performance Requirements

Because of (1) imperfect tracking or navigation during the transfer

coast and (2) thrusting attitude and AV errors of the kick stage at apogee

burn, the payload orbit will be imperfect in several respects:

a)
b)

c)

The orbit is in general elliptical.
The orbital inclination is, in gencral, not zcro.

The longitude of the subsatellite point is, in gencral,
not the desired longitude.

The capability of the payload propulsion to correct for these errors

dictates the final accuracy requirements of the kick stage apogee burn.

An analysis of the relationship of trajectory errors to payload AV require-

ments is presented below.
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The results of this analysis are a set of nonlinear expressions re-

lating position and velocity errors at injection to the AV required to

correct the errors, If AVA represents the available payload propulsion

capability, then the performance requirement for this mission may be

stated as

AVTotal (95%) < AVA

where AVTotal is the value of AV required for 95 percent probability of

successfully performing the correction. Reasonable values for AVA lie

in the range 15-30 m/sec., Results of a detailed performance analysis

for this mission are presented in Section 7.

2.3.3.1 In-Plane Radius and Velocity Errors

The in-plane errors, exclusive of the longitude error, after the

kick stage apogee burn are:

e, = Ar/r
e, = AV/V
ey = Ar/V
where :

r = synchronous radius = 42165 km
V = synchronous velocity = 3.08 km/sec

Ar = errorinr

D
<
i

error in V
At = error in radial velocity (nominal t is zero)

) €)r €, €5 <«< 1
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For nominally circular orbits (nominal eccentricity e = 0), the actual

eccentricity, semimajor axis, and perigee distance are

1/2
2 2
e = [(e1+2e2) + e3]
a=r(l + 2e + 2e2)
r = a - er
P

Hohmann Transfer to Synchronous Altitude (Burn a).

The semi-

major axis of the Hohmann transfer ellipse and the required velocity at

the beginning of the transfer will be
1
ap = 3 (rp +r)

- l@+r(l-e)

1/2
3 [ 2 2
~ V L-l-3el-3e2+-z- (e1+2e2) +ey ] (2-1)

The actual velocity existing before the transfer burn is

i /
e ) -ET

L

I 311/2
> V l-Zel-Ze2+Z \/(7e1+2e2)+e3-]

(2-2)

Differencing Equations (2-1) and (2-2), the required AV for the Hohmann

transfer is

AV = -
a

RS

1 2 2
[- e, +te, +3 \/;1 +Ze2) +ey ] (2-3)

Synchronization at Synchronous Altitude (Burn b). At the apogee of

the transfer burn, the velocity is

1/2
v o ()]
a1
1 / 2 2
'zV[l+el+e2-i (e1+2e2) +e3]
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The required AV for synchronization is

AV, = V-V
a

b
g-%[e te, %\/(e + 2e, +e3J (2-4)

Out-of-Plane Error (Burn c). The inclination error is

e, = W/V =~ VAai/V = Ai

where W is the component of velocity normal to the equatorial plane and

Ai is the inclination error. The corrective AV required is then simply

AV, = Ve, (2-5)

Longitude Error (Burn d). Following burns a, b and ¢ above, the

payload should be in a perfectly synchronized orbit but not necessarily at
the desired longitude. To correct for this, an incremental velocity can
be added to purposely desynchronize the orbit to change its orbital
period, thus allowing the subsatellite point to drift under the payload. If
the desynchronizing velocity increment is chosen prOpériy, the desired
subsatellite longitude should drift under the payload when the payload is
at the correct apsis of its desynchronized orbit after n orbits, -(If the
payload is initially ahead of its desired location, the velocity increment
required is positive and the ''correct apsis'' is the perigee.) At this time,
an equal and opposite velocity increment is added to resynchronize the

orbit. The total velocity increment required is

- v2aL _ :
AV, = V3= = Ve (2-6)

where AL is the longitude error and n is the number of whole orbits

allowed for longitude correction.
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2.3.3.2 Total Velocity Requirement

The total velocity increment required from the payload is the sum

of the absolute values from Equations (2-3), (2-4), (2-5) and (2-6), or

NS lav_| + |lav, | + AV | + |av,]|
\' 1 2 2
= > e1+e2+2\/(e1+2e2) + e, \
1 2 2
tle; +te, -5 \/(el+2e2) + e, ‘+2‘e4|+2|65|
(2-7)
Two possible cases can occur for Equation (2-7).
1 2 2
Case 1. If |e1 te,| >+ > \/(e1 +2e,)" +e,
then AV oTAL = (le; +e,| + leyl +]eghh Vv (2-8)
1 2 2 '
Case 2. If+5 \/(e1 +2e;) +e; > |e1 +e2|
then AV = +*1- (e +2e)2+e2+|e|+|e |\V
TOTAL 2 1 2 3 4 5
(2-9)

2. 3.3.3 Kick-Stage Apogee Burnout Error Allotment

From Equation (2-8) or (2-9), the allowable values of Ar, AV, Af,

W, and AL can be expressed as a function of the maximum available AV

of the payload. Substituting for the e in (2-8) and (2-9), the require-

ments are

Case 1: VAL +av| + |W]| + 5= |AL| = AV, (2-10)
Case 2: %\/(Vfr +2av)? 4 (af)2 + W] + o= |aL| = av,
(2-11)

where AVA represents the available propulsion capability of the payload.

Typically, the total fuel capability of the payload may be on the
order of 15 m/sec. Note that considerable flexibility in propulsion re-

quirements for the longitude correction function is available by varying n.
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2.4 MARS ORBITER MISSION

For this mission, it is assumed that the kick-stage guidance systenm‘r
takes over after the Saturn V booster places the spacecraft‘”' into the inter-
planetary transfer trajectory. The guidance system then is required for
attitude referencing and control during the long coast phases, applying the
midcourse AV corrections (based on ground-tracking data) and final inser-
tion of the payload into the desired orbit about Mars.

The specification of the guidance system accuracy requirements,
and hence the system configuration, is tentative due to the fact that defini-
tive propulsion capabilities data and information regarding the desired
final orbit characteristics and accuracy requirements are not available.
Present studies on the planned Mars Voyager missions indicate that a
sophisticated strapdown inertial guidance system for performing the mid-
course and orbit insertion maneuvers may not be required although such
a system has much to offer in the way of flexibility and growth potential

e

to meet more demanding future Voyager mission requirements.

For purposes of this study the use of a complete three-axis inertial
reference unit is postulated. A comparison of the capabilities of this type
of system with simpler systems is made in Section 8. Use of an electro-

optical approach guidance sensor to improve trajectory prediction accuracy

1.Although the kick stage guidance system could conceivably be used to guide
the Saturn V booster, that possibility is not considered in this study. It is
assumed that ST-124 Inertial Guidance System located in the Saturn V
Instrument Unit (IU) is used for the boost phase (launch through SIVB stage
burnout including intermediate coast phases). A review of the performance
capabilities of this guidance system shows that it is completely satisfactory
for this mission phase.

‘HThe interplanetary spacecraft (Voyager concept) includes the necessary
propulsion capabilities for the midcourse corrections, Mars orbit inser-
tion, and orbital trim maneuvers. For this mission, the " kick stage" and
the interplanetary spacecraft are synonomous. The " payload" consists of
a Mars landing capsule deployed from the spacecraft after insertion plus
the scientific instrumentation aboard the main spacecraft.

JH.rThese requirements are currently undefined, However, it is reason-
able to expect, based on past experience, that as the missions become more
sophisticated the mission accuracy requirements will become more demand-
ing. Some possible advanced Voyager missions (1975 through 1984) are
described in a TRW study performed for JPL, Ref 2-1,
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near the target planet is also postulated although use of such a sensor
appears to be necessary only if terminal mission accuracy requirementsf

are considerably more stringent than those imposed by the present Voyager

mission.

2.4.1 Mission Characteristics

It is beyond the scope of this report to furnish effectively even a
general comprehension of the complex mission analysisﬁ. which must be
performed before the selection of representative Mars trajectories for
guidance system evaluation is possible. For the purposes of this study,

trajectories available from previous studies conducted at TRW were used.

For the purpose of generating guidance system functional and per-
formance requirements, the current Voyager mission requirements were
used as the starting point, Mission requirements and constraints were
established from the "Performance and Design Requirements for the 1973
Voyager Mission, " Ref 2-4, The principal mission requirements and
constraints which directly concern the launch vehicle performance capa-
bilities and guidance system accuracy are briefly discussed in the
following paragraphs,

e Ascent Mode - The parking orbit ascent mode will be

utilized for the 1973 mission. Parking orbit coast
times will vary between 10 and 90 min.

e Transfer Trajectory - Type I transfer trajectories shall
be used for the 1973 mission.

e Launch Energg - A maximum injection energy C3 of
32.5 km2/sec? will be assumed for the 1973 mission.

e Launch Window - A nominal launch period of 45 to 60

days and a minimum daily firing window of 2 hr, will be
provided.

1~The major source of error in the knowledge of the approach trajectory
with respect to Mars is the uncertainty in the orbital position of Mars
relative to the Earth (see Section 9, for further discussion).

HSome of the more basic mission analysis concepts, particularly those

relating to launch vehicle and guidance system requirements, are dis-
cussed in Ref 2-2 and 2-3,
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e Declination of Launch Asymptote - The absolute value of
the declination of the launch asymptote (DLA) will not
exceed the following values: 5 deg = |DLA| s 36 deg.
Declination of the launch asymptote is dependent on both
liftoff and coast time. The injection errors attributable
to the guidance hardware are also a strong function of
this coast time.

° V°°Ma.rs - To achieve a reasonable vehicle mass frac-

tion into Mars orbit, the approach Ve magnitude

Mars
must not exceed a maximum of 3.25 km/sec.

e Injection Accuracy - The miss plus time-of-flight tra-
jectory dispersions due to random errors arising from
launch vehicle injection errors shall be correctable with
a l-0 midcourse trajectory correction velocity incre-
ment of 5 m/sec or less applied 2 days after injection.

e Mars Orbit Characteristics - The periapsis altitudes of
the desired Mars satellite orbits lie between 500 and
1,500 km. The apoapsis altitudes lie between 10, 000
and 20,000 km. These ranges apply both before and
after orbit trim. No requirements have been set on
either orbital inclination or the orientation of the line
of apsides. Thus, the deboost velocity is assumed to
be applied tangentially at the periares common to the
hyperbolic approach trajectory and the elliptic orbit,

Since the launch phase guidance functions will be performed by the
Saturn V guidance system, only the interplanetary trajectory is of interest
here. The Earth-Mars trajectory chosenT has a launch date of 11 May 1971
and a trip time of 177 days. Characteristics of interest are shown in
Figures 2-1, 2-2, and Table 2-IV (from Ref 2-5). Guidance system
performance requirements based on the Voyager mission requirements
are discussed in the following section. As a guideline for determining
final approach and orbit accuracy requirements, equations for parametric

evaluation of velocity requirements are also presented in Paragraph 2. 4. 3.

*Present Voyager planning calls for use of the Saturn V launch vehicle with
the first mission scheduled for 1973. Trajectories for the 1973 launch
opportunity were not available during this study. Since only post injection
guidance is considered, the differences in boost phase trajectories are in-
significant for the purposes of this study. The interplanetary trajectory
used adheres to the mission constraints discussed above.
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Table 2-IV. Characteristics of 1971 Earth-Mars Trajectory

(from Ref 2-5)

Launch date
Arrival date
Time of flight

Departure asymptote (from
Earth)
Vv

@©

Cs3
Angle to ecliptic
Angle to Sun-Earth line
Approach asymptote (to Mars)
Vco
Angle to plane of Mars' orbit
Angle to Mars- Sun line
Interplanetary Orbit
True anomaly at arrival
True anomaly at launch
Heliocentric central angle
Inclination to ecliptic
Perihelion distance from Sun

Aphelion distance from Sun

Eccentricity

May 19, 1971
November 12, 1971

177 days

2.92 km/sec
8.53 km%/sec?
-16 deg

88 deg

3.25 km/sec
-3 deg

119 deg

142.5 deg

4.5 deg

138 deg

1.5 deg

151.2 x 106 km
220.5 x 106 km

0.1853

2.4.2 Operational Sequences

The operational sequences for the Mars orbiter mission are assumed

to be as outlined below:

a) Launch, parking orbit, and injection into interplane-
tary trajectory; These phases are presumed to be
under the control of the primary Saturn guidance sys-
tem. The kick-stage (spacecraft) guidance is in a
semidormant state.
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b)

Separation from booster and first cruise phase: The
kick-stage strapdown inertial subsystem used to pro-
vide rate damping signals to stabilize the separation
induced tumbling transients. After the rate stabiliza-
tion is accomplished, a celestial reference acquisition
sequence is initiated. The celestial references will be
the Sun and the star Canopus. The Sun and Canopus
trackers will be body-fixed and will serve as the pri-
mary long-term inertial attitude references. After
Sun/Canopus lockon is achieved, the gyros may be
turned off (except for heaters) until required for the
midcourse reorientation maneuver,

Deep Space Network (DSN) tracking will be used during
this cruise phase for orbit determination and to com-
pute the first midcourse velocity correction required
to reduce the effects of injection errors. The mid-
course thrust vector pointing and magnitude commands
and time of execution command will be transmitted to
the onboard guidance system for execution.

Midcourse execution: If the gyros were shutdown in
the previous cruise phase, wheel power would be
applied sufficiently early to ensure proper gyro opera-
tion during the following sequence. Ten to 30 min (the
time will be dependent on available spacecraft slew
rates and maximum required turn-through angles)
prior to the time of execution of the midcourse cor-
rection burn, vehicle rotations will be commanded to
orient the thrust vector in the required inertial direc-
tion. The attitude change sequence will depend on the
type of inertial configuration chosen. Three basic
inertial configurations can be considered:

Ia) A simple inertial configuration with a 3-axis
gyro package and one longitudinal axis inte-
grating accelerometer.

Ib) The above with the addition of two orthogonal
lateral accelerometers (of the nonintegrating

type).

II) A full strapdown inertial system, with a 3-axis
gyro package and a 3-axis integrating acceler-
ometer package, with full direction cosine
computation capability.

For Configurations I, the orientation maneuver will be
entirely open loop, using precomputed precision
torquing signals applied sequentially to two out of the
three gyros. For Configuration II, closed-loop control
over final attitude can be exercised and simultaneous
bi-axial attitude changes can be commanded,




— e - ————

d)

e)

When the proper attitude is achieved, and at the cor-
rect time, midcourse burn is initiated. Attitude con-
trol during burn is again dependent on the inertial con-
figuration chosen:

Ia) For Configuration Ia, attitude will be
maintained under control of the three rate-
integrating gyros. Engine misalignments
will be the largest source of burnout error
in this case,

Ib) For Configuration Ib, attitude will again be
maintained under control of the three rate-
integrating gyros with the important modifica-
tion that signals processed from the noninte-
grating accelerometers can be used to provide
attitude correction signals to largely compen-
sate for engine misalignments,

II) For Configuration II, full 3-axis AV control
capability is provided and engine misalign-
ments become unimportant., Further discus-
sions will be limited to this configuration.

Subsequent cruise and midcourse correction phases:

After completion of the first midcourse correction, the
spacecraft will be "unwound" to the original Sun/Canopus
reference attitude and continue in a cruise phase identical
to the first. One or more further midcourse corrections
will be made in a manner similar to the first. After the
last midcourse correction, the trajectory will have been
corrected such that terminal approach conditions meet
mission requirements. (The midcourse correction require-
ments are defined in Paragraph 2.4.3.)

Approach phase: On the premise that a mission with ter-
minal approach requirements is more stringent than those
imposed on Mariner 1969 or Voyager, it is postulated that
some form of approach navigation more accurate than avail-
able with DSN tracking will be required. To cover this
possibility, this study includes considerations of an approach
sensor. The sensor to be considered will be a planet tracker,
with two degrees of electronic scan freedom relative to the
kick stage. The sensor can provide:

1) Stadimetric ranging data

2) Clock and cone angles relative to the Sun/
Canopus frame of reference (see Figure 9-1).
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On the basis of approach measurements provided
either via DSIF alone or in combination with the
approach sensor, the approach trajectory will be
determined and the following will be computed:

1) Magnitude and inertial direction of the deboost
velocity to achieve the desired orbit about Mars.

2) Time of initiation of the deboost thrust.

DSIF orbit determination accuracy requirements
are discussed in Section 6.

f) Deboost velocity application: The sequence of events and
operations of this phase is the same as for the midcourse
correction phase.

2.4.3 Guidance System Performance Requirements

2.4.3.1 Terminal Accuracy Requirements

Because of 1) midcourse errors, 2) imperfect approach trajectory
estimation, and 3) execution errors at deboost burn, the final orbit will
differ from the desired orbit. The Voyager mission requ.irements'r shown
in Table 2-V have been translated into system accuracy requirements for

these three types of errors and are summarized in the following paragraphs.

Table 2-V. Voyager Mission Terminal Accuracy Requirements

Parameter Allowable Dispersion (30)
Impact Parameter B 500 km
Time of Encounter 3 min
Periapsis Altitude of Initial Oribt 30 percent

(prior to orbit trim maneuver)

Orbital Inclination of Initial
Orbit 5 deg

T

The overall mission accuracy requirements have not been firmly estab-
lished for the Voyager mission. The requirements stated in Table 2-V are
based on preliminary Voyager requirements for the early missions.

-30-




2.4.3.2 Orbit Correction Requirements

The required precision with which the interplanetary spacecraft
must execute the arrival date separation maneuver Tand interplanetary
trajectory corrections is a complicated function involving a number of
considerations such as the final mission accuracy requirements, the
orbit determination uncertainty as a function of time, the number of
maneuvers to be performed, the amount of trajectory biasing necessary
to satisfy the probability-of-impact constraint, the orbit trim philosophy,
and several other considerations, all of which are vitally interwoven in
the mission formulation. In order to achieve a rational balance among
the various mission accuracy requirements, the maximum allowable
maneuver errors during different phases of the flight were specified
(Table 2-VI from Ref 2-4)., The maximum allowable maneuver errors
are defined by an error ellipsoid with an axis of symmetry parallel to

the specified velocity increment,

2.4.3.3 Orbit Determination Accuracy Requirements

To meet the overall mission accuracy requirements given above,

specification must also be placed on the orbit determination accuracy

using the earth-based DSIF. Because of the trajectory geometry, tracking
system characteristics, and the presence of trajectory disturbances, the

orbit determination uncertainties vary throughout the mission, The

allowable uncertainties (from Ref 2-4) are shown in Table 2-VII.

2.4.4 Analysis of Orbit Correction Requirements

Paragraph 2. 4. 3 indicates that the final orbit will differ from the
desired orbit because of the effects of approach orbit estimation errors
and maneuver execution errors. It is assumed that final orbit trim is to

be accomplished by the interplanetary spacecraft. Limitations on space-

'craft propulsion capability for orbit trim set constraints on the required

precision of the initial orbit established, The final orbital requirements
have not been established for the Voyager mission. The range of permis-
sible orbit altitudes is given in Paragraph 2.4.3.1.

*This maneuver is intended to separate the arrival time of the two space-
craft launched by the Saturn V booster by at least 8 days. The maneuver
is made in a similar manner, but prior to, the first midcourse correction.

- =31-




Table 2-VI,

(from Ref 2-4)

Maximum Velocity Error Ellipsoids

30 Error Component
Normal to Specified
3¢ Error Component Par- | Velocity Increment Along
Minimum Maximum allel to Specified Velocity Any Two Orthogonal
Velocity Velocity Increment (meters/ Axes (meters/second or
Increments | Increments second or % of spec- % of specified velocity
Maneuver (m/sec) (m/sec) ified velocity increment) increment)
Interplanetary 1,0 (0.3) 100 (200) Larger of 0.1 m/sec or Larger of 0.1 m/sec or
trajettory cor- 3.0% (larger of 0.03 3.0% (larger of 0.03
rections m/sec or 2.0%) m/sec or 2.0%)
Mars orbit 1.0 km/sec | 2.0 km/sec | 3.0% (1.5%) 5.0% (3.0%)
insertion ’
Mars orbit trim 5.0 (1.5) 150 Larger of 0.5 m/sec or Larger of 0.5 m/sec or
5.0% (larger of 0.2 m/sec 5.0% (larger of 0.2
or 3.0%) m/sec or 3.0%)

Note:

Numbers not in parentheses are maximum values,

Numbers in parentheses are design goals.

TFor purpose of error calculations only.

Table 2-VII.

Uncertainties (from Ref 2-4)

Maximum Allowable 30 Orbit Determination

Time at
Which Orbit Esti-
mate is Calculated

Magnitude and Time of
Prior Orbit Corruptionst

Injection +2 days

Injection +30 days

Encounter -30 days

Encounter -2 days

Encounter -4 hr

Orbit insertion +4
returns to orbit
periapsis

Orbit trim +3

returns to orhit
periapsis

Planetary vehicle injection

150 m/sec arrival date
adjustment and interplane-
tary trajectory correction
at I +5 days

5 m/sec interplanetary tra-
jectory correction at I +30
days

1 m/sec interplanetary tra-
jectory correction at E -30

Same as above

2.2 km/sec orbit insertion
maneuver

Orbit trim maneuver of
100 m/sec

'For purposes of error analysis only. Numbers not in parenthele- are maximum allowable uncertain-

ties,

Uncertainty in
Aiming Plane,

Uncertainty in Normal to Nomi-

Magnitude of nal Impact Uncertainty
Impact Parame- | Parameter Vector in Time of
ter Vector (km) (km) Encounter (min)

2000 2000 15
(1000) (1000) (7)
1000 1500 10
(500) (750) (5)
500 750 4
{300) (500) (3)
400 500 3
(150) (200) (1)
300 500 2
(100) (150) (0.5)
10 10-4 5
(1) (10-5) 0.1)
10 104 5
(1) (10-5) (0.1)
Numbers in parentheses are design goals,
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The orbit trim profile is assumed to consist of four separate burns

as follows:

a) Perform a Hohmann transfer from the perigee of the
imperfect orbit to the desired apoares distance.

b) Perform a Hohmann transfer from this new apoares
distance to the desired periares distance.

c) Execute a burn to rotate the line of apsides.
d) Perform the desired inclination correction.

The above profile is not optimum but does provide a simple means for
establishing a conservative estimate of the precision with which the

spacecraft must be placed in orbit.

2.4.4.1 In-Plane Errors

The in-plane errors after the orbit insertion burn are

Ar = r - R
a

where

r , r_ = apoares and periares, respectively, of orbit
established by the orbit insertion burn,

R_, R_ = apoares and periares, respectively, of the
desired orbit

¢, ¥ = angles defining actual and desired lines of
apsides

Hohmann Transfer to Desired Apoares (Burn a). The velocity

existing at the periares of the orbit established by the spacecraft is

r /t 1/2
V= [7_”._5‘__P_
P R

1/2

R_/R R_/R 2 +R_/R

\/zp__a/_ﬂ. l + P2 Ar -o—2_PAy (2
R, R R, +R_“Ta "TR_+R_7p

(4

-12)
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The velocity at this periares required to reach apoares Ra is

1/2
['2 Ra/r ]

v b
R+
a’Tp]

preq'd

R

R_/R 2 +R_/R 1/2
2 a__p |;. 1 Ar a’’p
"TR_+ R_ ¢
Ra +Rp Ra +Rp a Ra + p Arp

(2-13)

Differencing Equations (2-12) and (2-13), the required AV for the
Hohmann transfer is

AV =V _-V
a

P preq'd

Ra/RP Ar
\/ & R, +R_ |ZR, (2-14)

Hohmann Transfer to Desired Periares (Burn b). The apoares

IR

velocity following Burn a is

r/Ra 1/2
va,= ZMRa.‘l-r

P
1/2
v Vo a /Ry 1, Ra’®p o, (2-15)
= R, +R, R, +R, P

The apoares velocity required to reach periares Rp is

R /Ra
Vv = Zpi—Rﬁ{— (2-16)
a

a’req'd P

Differencing Equations (2-15) and (2-16), the required AV for the Hoh-

mann transfer is

Avb =V -V
a .
req'd

\/ 2+ RRP{LRP? [z (I;a/i{% y Or ] (2-17)
a” Tp a’Fp P

IR
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Rotation of Line of Apsides (Burn c). After the correct apsis dis-

tances have been established, the line of apsides can be rotated by apply-

ing a radial AV increment at

where f is the true anomaly measured from the newly established peri-

ares,

The required velocity increment at either f is

R_/R
a’""'p . Ay _
2 R+ Rp sin = (2-18)

AV = (1 - Rp/Ra)

Inclination Error (Burn d). The corrective AV required for incli-

nation change is
AVd = Vy1l-cos Ai

where V is the velocity at the true anomaly angle fe, at the node, and Ai
is the desired change in inclination. The maximum for the above expres-

sion for AVd occurs at fe = 00 and is

R/R

AV, = sz TR, J1 - cos Al (2-19)

maXx

2.4.4.2 Total Corrective Velocity Requirement

The total velocity increment required from the payload is the sum
of the absolute values from Equations (2-14), (2-17), (2-18) and (2-19),

or

AV

IAVaI tlav | +]av | + [av,|

[ R/R_ [|ar,] |Ar_|
P a P . |A
M R +Rp l 2R 3z (R, +Rp) +(1 - Rp/Ra) sin %

+ V1 - cos Ai] (2-20)

Total
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2.4.5 Analysis of Approach Guidance Requirements

The velocity increment AV required to place the interplanetary

spacecraft into the desired aerocentric orbit is determined on the basis of

approach trajectory parameters determined by DSN tracking, by the use

of optical sightings, or a combination of both. If on the basis of approach

trajectory estimation it is determined that the expected periapsis distance

will be in error, two alternative guidance techniques are available.

a)

b)

At some time T before encounter, apply a corrective
velocity increment AV, normal to the approach trajec-
tory to achieve the correct periares distance R,. At
periares, apply the orbit insertion retrovelocity AVp
to achieve the desired apoares distance, R;. The
total velocity increment required to insert the kick
stage/payload into the nominally desired aerocentric
orbit is then AV = |AV.]| + |AVP| . This technique
is illustrated in Figure 2-3.

On the basis of approach orbit parameter estimations,
apply a AV, at encounter (i.e., at T = 0) to achieve
the desired apoares distance R At apoares, apply a

corrective velocity increment gVa to achieve the
desired R,. The total velocity increment is AV
= |av,| -P IAVPI . This technique is illustrated in
Figure 2-4.

Figure 2-3.

_36-

Method of Achieving Desired R and R, by Combination of
Approach Orbit Correction andpRetro AVp




AREOCENTRIC
ORBITS:

INTERMEDIATE
DESIRED

Required Velocity Increments at Two Apsides

The above sequences assume no requirements on the orientation of the
line of apsides and have been chosen primarily to provide an insight as to
when reliable approach trajectory parameters must be established to per-
form meaningful and efficient approach trajectory corrections. That is,
if approach trajectory estimation data are not expected to be accurate
until two days before encounter (T = 2), then it would be meaningless to

apply a corrective AVC at any time before this.

Figure 2-4. Method of Achieving Desired R, and R3 by Applying
The results of a parametric study for Technique (a) above are pre-

sented in Figure 2-5. The desired areocentric orbit was assumed to have

periapsis and apoapsis altitudes of 1,000 and 10,000 km, respectively. The

approach velocity was taken to be Voo = 3 km/sec, and approach periares

errors of -500 to +500 km were covered. For Ayp = 500 km, approximately

1.5 percent more AV is required by waiting until T = 0.25 days as com- |

pared to T = 4 days. This is a negligible penalty to pay for the added orbit

estimation accuracy obtainable by the 3.75 days of additional tracking. ‘
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Figure 2-5. Total Velocity Increment Required for Approach
Trajectory Correction and Orbit Insertion Versus
Time of Correction Application

The trend of the curves in Figure 2-5 would seem to indicate that if
one were to wait until T = 0, the AV would become excessive. For-
tunately this is not so as evidenced by the plots in Figures 2-6, 2-7, and

2-8. It is true (at least for Arp > 0) that the AV for Technique (b)

TOTAL
is larger than for Technique (a); however, the increase is only on the
order of 7 percent, worst case. Technique (b) offers a reasonable com-
promise between fuel requirements and approach trajectory orbit deter-
mination accuracy and is recommended as the procedure to follow.
Tracking, either DSIF alone or in combination with optical aids, will be
continued until about 1 or 2 hr prior to encounter. By this time, the
approach trajectory position estimation errors will have been reduced to
the order of 10 to 100 km and a reasonably accurate computation of AVP
to be applied at encounter can be computed.

2.5 LUNAR ORBITER MISSION

The booster/payload combination for this mission is assumed to be
the Atlas SLV3X/Centaur/HEUS/lunar orbiter. Based on past experience,
e.g, Surveyor and Lunar Orbiter, the need for a sophisticated inertial
guidance system on the spacecraft is questionable for the translunar and
lunar operations phases of this mission. However, for this study, it is

assumed that the kick stage guidance system is to be used not only for these
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Figure 2-6., Total Velocity Increment Required for Approach
Trajectory Correction and Orbit Insertion,
V, = 2 km/sec

(oo

phases but also for primary guidance and control of the lower booster
stages. The operational sequences and functional requirements are sum-
marized below.

2.5.1 Mission Characteristics

This mission is operationally very similar to the Mars Orbiter Mis-

sion discussed in Subsection 2.4. The primary difference to be noted is
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1. Vo =3 KM/SEC

2. DESIRED PERIAPSIS/APOAPSIS ALTITUDES =
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. Trajectory Correction and Orbit Insertion,
V., =3 km/sec

@
that USBS/DSIF tracking and orbit estimation accuracy will probably be

sufficient to obviate the need for an approach sensor.

A parking orbit ascent trajectory with a coast time of approximately
14 min was selected for this study. The rationale for this selection was
based on the fact that the largest figure-of-merit is obtained for parking

orbit missions having coast times in this range.
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Figure 2-8, Total Velocity Increment Required for Approach
Trajectory Correction and Orbit Insertion,
V, = 4 km/sec

The lunar missionreference trajectory used for error analysis pur-
poses was a closed-loop targeted trajectory for the Atlas Centaur (AC-12
Configuration) launch vehicle. The trajectory profile is shaped by a
predetermined pitch steering program from launch to booster cutoff
(BECO). After BECO the sustainer is ignited and closed loop guidance is
initiated. The guidance system continues to steer the vehicle through

sustainer cutoff (SECO) and Centaur first-burn ignition until parking

-41-



orbit is reached. The first-burn duration (launch to parking orbit injec-
tion) is approximately 585 sec and injects the vehicle into a 167 km
perigee, 173 km apogee orbit. The Centaur stage coasts in this orbit

for 845 sec, whereupon it reignites and burns for another 106 sec,
injecting the payload into a highly elliptical (e = 0.97167) transfer orbit,
The transfer time is approximately 65 hr. The event times for the launch

through injection phase are shown in Table 2-VIII.

Table 2-VIII. Event Times for Lunar Mission
(Launch Through Injection)

Time (sec) Event
0. Start first powered phase (boost)
585. 04952 Start first coast phase (circular)
1426. 8700 Start second powered phase (injection)
1603. 2040 End second powered phase

Two midcourse corrections are assumed for this mission, the

first at 15 to 20 hr after injection and the second a few hours prior to
lunar intercept,

Deboost is made into an intermediate orbit with approximate apsis
distances of 3590 and 1990 km. The deboost velocity increment required

is 745 m/sec. After accurate determination of the orbit has been made,

a final orbit adjust maneuver is made to place the vehicle into a 3589 by
1784 km orbit.

2.5.2 Guidance System Operational Sequence

The guidance system operational sequence for the various phases of

the lunar orbiter mission studied at TRW is described below:

a) Launch and boost to ~167 km parking orbit: The kick
stage strapdown inertial guidance subsystem will pro-
vide the guidance function for this phase.

b) Coastin parking orbit: The kick stage and payload will
coast in the parking orbit until translunar injection,
which occurs approximately 14 min after entering the
parking orbit. The inertial guidance subsystem will be

relegated to the role of an attitude reference during
this phase.
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d)

e)

f)

g)

h)

Translunar injection: The kick stage will be ignited to
inject the kick stage/payload into the translunar tra-
jectory. Attitude and burn control will be provided by
the strapdown inertial guidance subsystem.

Coast until first midcourse correction: Following the
injection burn, a celestial reference acquisition sequence
is initiated and the kick stage/payload will be attitude
fixed to the sun and the star Canopus via body-fixed sun
and star sensors. The strapdown accelerometers can

be turned off (except for heaters)and the flight com-
puter algorithm for updating the direction cosines can

be placed in a standby mode.

Deep-Space Network (DSIF) tracking will be used
during this coast phase for orbit determination and to
compute the midcourse velocity correction required to
reduce the effects of injection errors. The midcourse
thrust vector pointing and magnitude commands and
time of execution command will be transmitted to the
kick-stage system.

First midcourse correction: Approximately 15 to 20 hr
from translunar injection, the first midcourse correc-
tion will be executed. Ten to 30 min prior to the time
of execution, the accelerometers will be turned on, the
direction cosine solution algorithm will be initialized,
and vehicle rotations will be commanded to orient the
thrust vector in the required inertial direction. When
the proper attitude is achieved, and at the correct
time, midcourse burn is initiated.

Second coast phase and second midcourse correction:

After completion of the first midcourse correction, the
kick stage/payload will be "unwound' to the original
Sun/Canopus reference attitude and continue in a cruise
phase identical to the first. The second midcourse burn
will occur a few hours prior to translunar injection

and is designed to null selected miss components at
lunar intercept.

Coast until deboost maneuver into intermediate lunar
orbit: This phase will be 1identical to the other coast
phases.

Deboost into intermediate lunar orbit: Based on the
tracking data obtained, the kick stage/payload will be
injected into an intermediate orbit with approximate
apsis distances of 3590 and 1990 km. The deboost
velocity increment required is approximately

745 m/sec.
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i)

j)

Coast in intermediate orbit: The amount of coast time

In the intermediate orbit will be chosen such that the
orbit is properly phased with respect to the preselected
target. The kick stage/payload will be tracked by
DSIF stations to determine orbital paramecters and the
retromaneuver required to place the kick stage/pay-
load into the final orbit.

Retro into final orbit: Based upon the orbital estimates
obtained from DSIF tracking data, and controlled by the
strapdown inertial guidance system, the spacecraft will
be injected into the final orbit. The desired final orbit
will nominally have an apocynthion and pericynthion of

3589 km and 1784 km, respectively.

2.5.3 Performance Requirements

2.5.3.1 Translunar Injection

The kick/payload must be injected into a translunar trajectory such

that the desired lunar orbit can be achieved by the kick stage propulsive

capability. A set of deviations? of the kick stage/payload position and

velocity from the nominal trajectory which will permit the meeting of the

requirements of the final orbit is listed in Table 2-IX.

Table 2-IX. Guidance Requirements for Translunar Injection

and Translunar Coast Phases (1o Values)

Coast until Coast until Coast until
First Second Deboost into
Translunar Midcourse Midcourse Intermediate
Parameter Injection Correction Correction Lunar Orbit
Ax 14. 9 km 685 km 160 km 81 km
Ay 18.4 km 996 km 358 km 47 km
Az 19.5 km 680 km 262 km 16.7 km
AX 21.4 m/sec 18. 8 m/sec 2.1 m/sec 15.3 m/sec
Ay 19.5 m/sec |10.8 m/sec 4. 6 m/sec 30 m/sec
Az 32.4 m/sec 12. 0 m/sec 3.0 m/sec 14.1 m/sec
Coordinate | ECI ECI ECI Selenographic
System

Y The position and velocity errors are stated either in an earth-centered

inertial (ECI) vernal-equinox, equatorial coordinat
graphic coordinates.

ote that these errors are s

the a priori nominal trajectory.

-44-

e system or in seleno-
tated as deviations from




2.5.3.2 Translunar Coast Phases

Prior to the first (second) midocurse corrections, the deviations of
position and velocity from the nominal trajectory must be within certain
limits. These limits are determined by the correction capability of the
midcourse correction system. A set of injection deviations from the
nominal trajectory propagated to the point of the first midcourse correction
which satsify the midcourse correction capability are listed in Table 2-IX.
Prior to the second midcourse maneuver, the deviations must be such that
the correction of miss components at the target are within the capability
of the second midcourse maneuver. A set which satisfies these require-

ments is shown in Table 2-IX.

During each phase, the position and velocity of the kick stage/payload
will be determined by earth-based tracking stations. At the end of the final
coast phase, as a result of the midcourse corrections, the position and
velocity of the kick stage/payload must be within the limits shown in the
last column of Table 2-IX.

2.5.3.3 Midcourse Correction Maneuvers

Approximately 15 hr after translunar injection, the first midcourse
correction will be commanded. The requirements on the maneuver execu-
tion errors are shown in Table 2-X. The guidance law assumed is directed
to nulling the errors in the impact plane and error in the time of flight or
the impact plane error only.f Hence, these controlled quantities will be

reduced by the midcourse maneuver.

The second midcourse maneuver will be executed a few hours prior
to translunar injection. The requirements on the maneuver execution

errors are in Table 2-X.

The performance analysis results are presented in Section 8 for both
guidance laws. Detailed mission payload requirementd dictate the choice
for a given mission.
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Table 2-X. Guidance and Control Requirements for First and
Second Midcourse Corrections

First Midcourse Second Midcourse

Parameter Correction Correction
Pointing error 0.4 deg (10) 0.4 deg (10)
Error proportional 0. 04% (10) 0.04% (10)
to AV
Velocity cutoff 0.02 m/sec (1o) 0.02 m/sec (1a)
Resolution error
Velocity increment 64 m/sec 3 m/sec
required (not to be
exceeded more than 1%
of the time)

2.5.3.4 Deboost Into Lunar Orbit

Based upon tracking data, the following quantities will be determined

for injection into the intermediate orbit:
a) Thrust initiation time
b) Body attitude

c) Velocity increment.

These quantities will be computed to null the deviations from nominal

of the apocynthion, inclination, longitude of the ascending mode, and the

argument of pericynthion. A set of required accuracies of position and

velocity at the end of this phase which will meet the orbital requirements
is given in Table 2-XI.

2.5.3.5 Coast in Intermediate Orbit and Final Orbit Insertion

There are no active guidance requirements during the intermediate
orbiting phase. However, the position and velocity must be within cer-
tain limits at the end of this phase. A set of position and velocity accu-
racies which (in combination with the expected execution errors) will not

violate the orbit accuracies required is indicated in Table 2-XII.
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Table 2-XI.

Guidance and Control Requirements for Deboost

Into Intermediate and Final Lunar Orbit

Deboost Into
Intermediate Orbit

Deboost Into
Final Orbit

Parameter (ic values)t (1o values)!
Ax 80.4 km 14. 2 km
Ay 24.2 km 18.9 km
Az 9.7 km 13 km
A% 2.7 m/sec 13 m/sec
Ay 47 m/sec 3.3 m/sec
Az 11.5 m/sec 0.7 m/sec
Pointing error 0.4 deg 0.4 deg
Error proportional to 0.04% 0. 04%
AV
Velocity cutoff 0.02 m/sec 0. 02 m/sec
Velocity increment 758 m/sec 33 m/sec

required

(not be exceeded more
than 1% of the time)

(2485 ft/sec)

(110 ft/sec)

Coordinate

System

Selenographic

Selenographic

?Except for required velocity increment.

Table 2-XII. Guidance Requirements for Coast
in Intermediate Orbit
Specification
Parameter (lo Values)
AXx 14. 4 km
Ay 19 km
Az 13 km
AX 0.6 m/sec
Ay 3.6 m/sec
Az 1.5 m/sec

Coordinate System

Selenographic
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The required maneuver for final adjustment of the orbit will be
calculated using previous estimates of position and velocity. The maneuver
(pitch attitude, yaw attitude, velocity magnitude) will be calculated so as to
null the deviations at the pericynthion after retrothrusting at apocynthion to

giire a specified pericynthion inclination and argument of pericynthion.

At the completion of the maneuver, the position and velocity must be
within prescribed limits so that the desired lunar orbit can be achieved.

The final lunar orbital requirements are given in Table 2-XIII.

Table 2-XIII. Lunar Orbital Phase Accuracy Requirements

Specification
Parameter (1l Values)
Error in semimajor axis 7.24 km
Error in pericynthion altitude 0.2 km
Inclination error 0.01 deg
Error in ascending node at first
target pass
@ Selenographic latitude 0.1 deg
e Selenographic longitude 0.1 deg
Error in argument of periapsis
at first target pass 0.01 deg

2.6 SOLAR PROBE WITH JUPITER ASSIST

Prior to planetary encounter this mission is similar to the Jupiter
flyby mission studied in Ref 2-6. For the solar probe mission, the
spacecraft trajectory passes in close proximity to Jupiter (a few radii is
typical). The trajectory is altered by the gravitational field of Jupiter so
that after encounter the spacecraft is in a heliocentric trajectory passing
close to the Sun (not necessarily in the ecliptic plane). The flyby mission
is similar in that the encounter is made again at a few radii with the pur-

pose of making scientific measurements during the encounter phase.

The Atlas SLLV3X/Centaur/HEUS can be considered as a typical

booster for this mission. The kick stage (HEUS) guidance system is
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assumed to provide the primary guidance and control functions for all
booster stages and until completion of the final midcourse correction
maneuver. After the midcourse correction is completed, the system will
be used only to control vehicle attitude. No further trajectory corrections

are required.

2.6.1 Mission Characteristics

2.6.1.1 Post Encounter Trajectories

It has been indicated (Ref 2-7) that spacecraft passing close to
the planet Jupiter can make use of the gravitational energy added to or
subtracted from the orbital energy expressed in heliocentric coordinates
to achieve a number of missions subsequent to encounter. Among these
missions are those leading to the far reaches of the solar system (explora-
tion of the outer planets and interplanetary space beyond Jupiter, even to
the extent of achieving trajectories which escape from the solar system),
those in whichheliocentric energy is decreased and the spacecraft returns
to the Earth or even substantially closer to the Sun, and those employing
orbits highly inclined to the ecliptic. Not all of these options are possible
from the Earth-Jupiter trajectories associated with the relatively low
launch energies and 20- to 30-day launch periods. Some of the options
which are available include trajectories which lead to trans-Jupiter regions
of the solar system (achievable by eastward equatorial passages), trajec-
tories which return closer to the Sun (perihelion distances 4 to 0. 6 AU,
achievable by westward equatorial passages), and 20- to 40-deg inclinations
of subsequent heliocentric orbits to the ecliptic (achievable by polar pas-
sages). Some of the general characteristics of these post encounter

trajectories are tabulated in Table 2-XIV.

2.6.1.2 Preencounter Trajectory

The particular preencounter trajectory selected for this study is a
sample from the 1972 Jupiter launch opportunity. The general nature of
the trajectory is illustrated in Figure 2-9 and 2-10. Some significant

mission parameters for the particular trajectory selected are given in
Table 2- XV. The variation in spacecraft distances to the Earth, Sun, and

Jupiter during the interplanectary phase is indicated in Figure 2-11.
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Figure 2-9. Typical Type I Trajectory Earth-Jupiter
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Figure 2-10. Typical Type Il Trajectory Earth-Jupiter

-51-



Table 2-XV. Characteristics of 1972 Earth-Jupiter Trajectory

(from Ref 2-6)

Launch date

TC3, kl’nz/sec2

Arrival date

Flight time, days

Heliocentric transfer angle, deg.

*DLA, deg.

1-

Vv km/sec

HP’
TZAP, deg.

TZAE, deg.

YZAL, deg.

Jupiter-Earth distance at
encounter, AU

Inclination of spacecraft
orbit plane to ecliptic, deg.

March 14, 1972
86. 24

March 26, 1974
742

156,63

-30.2

7. 00

122

116

70

5.83

2. 30

tsee glossary of terms Paragraph 2.2.5 for definition of symbols.
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Figure 2-11, Distances from Spacecraft to Earth, Sun, and Jupiter

(from Ref 2-6)
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2.6.1.3 Encounter Geometry

The geometrical characteristics of the spacecraft trajectory in the
near vicinity of Jupiter are determined by 1) the large gravitational influ-
ence of the planet, 2) the choice of interplanetary trajectory, and 3) the
choice of the input parameter B. While the first influence is not subject

to control, the other two are.

For a given interplanetary trajectory, the choice of the inpact para-
meter vector B specifies in which direction from Jupiter and what distance
the approach asymptote lies, Bis commonly expressed in components
B* Rand B* —T_, where —R, 5, T are a right-hand set of mutually orthogo-
nal unit vectors aligned as follows: S is parallel to the planetocentric
approach asymptote, T is parallel to the plane of the ecliptic and positive

eastward, and R completes the set and has a positive southerly component.

The magnitude of B determines the distance of closest approach to Jupiter,

9=tan-lg.

il

and the angle specifies the orientation of the Jupiter-centered orbitplane as

a rotation about the S axis. These definitions areillustratedin Fi gure 2-12.

The effects of Jupiter's gravitational field are to increase the space-~
craft velocity to a maximum, at the point of closest approach to the planet,
and to focus and bend the trajectory. The closer the distance from Jupiter
a periapsis, the greater these effects are. Figure 2-13 indicates how
some of these quantities vary with Rp, the distance from the planet center
at periapsis, for two different values of the asymptotic approach velocity.

All quantities in the figure are expressed in planet-centered coordinates.

Sample encounter trajectories have been generated and plotted
for eastward equatorial passages following the interplanetary trajectory
discussed above. The planet-centered trajectory is not exactly in the

Plane of the equator, but can be within about 5 deg of the equatorial
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plane. Values of RP’ the periapsis distance from the planet's center,

of 1.5to 3 Ry (Jupiter radii), are used. Figure 2-14 shows the path

within 100 RJ of Jupiter, with R equal to 1.5 R
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2.6.2 Guidance System Operational Sequence

Independent of the specific mission trajectory chosen, the various

mission profiles do not differ significantly from one another in the mission

phases and required guidance system functions, The typical trajectory

will contain the following phases with the indicated guidance system func-

tions required:

a)

b)

d)

Launch and boost to ~ 185 km parking orbit: The kick
The kick-stage strapdown inertial guidance system will
provide the guidance function for this phase.

Coast in parking orbit: Following injection into the park-
Ing orbit, the kick stage/payload will coast until the inter-
planetary orbit injection maneuver.

The inertial guidance will perform attitude reference and
control functions during this phase.

Heliocentric orbit injection: For the injection energy
assumed, a velocity increment of approximately 7.0 km/sec
is needed. This will be divided between the Centaur second
burn and the kick stage. The kick-stage inertial guidance
system will provide the attitude and burn control for both
stages.

Coast in heliocentric transfer ellipse and midcourse
correction: These phases are similar to the corres-
ponding phases for the Mars and Lunar orbiter missions.
The midcourse correction will occur 5 to 20 days from
injection.

Coast to Jupiter encounter: The strapdown system will
perform only attitude control functions during this phase,
with the primary attitude reference being obtained from
the body-fixed Sun and Canopus sensors.

2.6.3 Guidance System Performance Requirements

2.6.3.1 Overall Mission Accuracy Requirements

For both the solar probe mission with Jupiter swingby and Jupiter

flyby mission to observe the planet requires that the vehicle pass the planet

at a prescribed point defined by the impact vector B. Another major mis-

sion requirement is the midcourse correction capability of the spacecraft.

The tolerances shown in Table 2-XVI are typical values and have been

used as requirements in this study.
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Table 2-XVI. Assumed Jupiter Mission Requirements

Parameter Value or Tolerance

Encounter distance 142, 800 km %40, 800 km (3 a)

ZR-g +0. 6Rj (30)

Maximum allowable AV for 100 m/ sec
midcourse corrections (not
to be exceeded more than

1 percent of the time)

TRj denotes the radius of Jupiter.

2.6.3.2 Interplanetary Trajectory Injection

The ascent guidance phase will include the atmospheric and exo-
atmospheric ascent, the injection into a parking orbit, and the final injec-
tion into the heliocentric elliptic transfer orbit. The accuracy of the
injection conditons can be traded off with the midcourse correction require-
ments. The requirements shown in Table 2-XVII are based on typical
midcourse correction capabilities.

Table 2-XVII, Injection Guidance Requirements for the
Jupiter Mission

Specification
Parameter (lo values)
Error in velocity magnitude at 9.5 m/sec
injection
Total velocity error perpendi- 34.7 m/sec
cular to the velocity direction

2.6.3.3 Midcourse Corrections

Midcourse corrections are required to remove the terminal errors
resulting from injection inaccuracies. The number and timing of these
corrections are functions of the correction philosophy, the tracking system

accuracy, and the trajectory or spacecraft constraints on the maneuver.
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For the purpose of this study, a particular correction philosophy, trajec-
tory, spacecraft configuration, and a single midcourse correction are
assumed (see Section 8). The midcourse correction removes either
terminal errors in two mutually perpendicular directions and the time-of-

flight error or terminal errors only.

The requirements for execution of the midcourse maneuver are

presented in Table 2-XVIII,

Table 2-XVIII. Guidance Requirements for Midcour.se Correction

Specification
Parameter (1o Values)
Proportional error 0. 75 percent
Pointing error 2/3 deg
Velocity cutoff resolution
error 0.0188 m/sec
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3. RECOMMENDED RADIO/OPTICAL/STRAPDOWN INERTIAL
GUIDANCE SYSTEM

3.1 EQUIPMENT CONFIGURATION BY MISSION

A block diagram of the total guidance system suitable for any of the
missions is shown in Figure 3-1.together with a matrix showing the
specific equipment utilization by mission, The recommended configuration
is that of a basic "core" system used for all the missions, with auxiliary
sensors added in a modular or building block fashion to configure the
system to a particular mission. The auxiliary sensors interface with the
core system through the digital computer, If the computer input/output
design is such as to accommodate any set of auxiliary sensors without any
required redesign, thenthe missiondependent changes canbe accomplished
with a minimum of effort by suitably changing the stored computer pro-

grams (software).

While the implementation of the "core" inertial guidance system is
identical in each of the missions, its role varies significantly from mission
to mission. For example, in the synchronous earth orbit mission, the
strapdown subsystem (supplemented by appropriate electro-optical sensors)
can essentially provide complete, autonomous guidance and navigation. In
the lunar orbit mission, it provides precise guidance during midcourse and
orbit insertion maneuvers, with primary translunar navigation provided by
ground tracking during the coasting phases. The inertial subsystem pro-
vides primary attitude reference information for the earth synchronous
orbit mission, while in the other missions, primary attitude reference
information during heliocentric orbit phases is provided by the sun and star

sensors,

The inertial measurement unit shown in Figure 3-1 is a strapdown
configuration., Outputs of the three orthogonal body-mounted gyros are in
the form of pulses, cach quantized pulse representing an incremental
attitude change about the gyro's sensitive axis, The computer accepts this
information and can generate body angular rate information and/or total
body attitude information, The output pulses of the three body-mounted
accelerometers represent velocity increment information, which is com-

bined with the gyro data to provide total velocity change information in
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Figure 3-1, Equipment Configuration

and Utilization
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some chosen set of inertial reference axes., A detailed description of the

strapdown inertial subsystem is present in Section 4.

The auxiliary sensors in this study have been limited to electro-
optical sensors, used primarily for attitude referencing., These sensors
include earth horizon scanners, sun sensors, star trackers, and planetary
approach sensors., The application of these sensors by missions and by
mission phases are explained in detail in Section 3. Detailed discussions

of individual sensors are presented in Section 5.

The interface areas involving the control subsystem, the power sub-
system, and the tracking, telemetry and control subsystems are not

discussed in this report.

The recommended system configurations for each mission are

discussed in the remainder of this section.
3.2 CANDIDATE SYSTEM CONFIGURATIONS FOR SPECIFIC MISSIONS

3.2.1 Earth-Synchronous Orbit Mission

A functional block diagram of the candidate system configuration
for this mission is indicated in Figure 3-2, The evolution of this con-

figuration is discussed in the following paragraphs.

The core configuration for this mission consists of the three-axis
strapdown inertial guidance subsystem, with three single-degree-of-
freedom pulse-torqued gyros, three accelerometers body-mounted in an
orthogonal triad, and a digital computer, This core configuration has
been a,na.lyzed'r for the minimum parking orbit case, using the two
different sets of strapdown inertial components (see Section 4), Applying
the criteria defined in Paragraph 2. 3.3, this configuration was found to
be marginal in performance, requiring 35 to 73 m/sec AV capability from
the payload for orbit error correction (Runs 1, 3 and 5 in Table 3-I). The
Primary source of this poor performance is the approximately five and
one-half hours over which the effects of gyro bias drift will act, resulting

in misapplication in the direction of the apogee burn,

1.See Subsection 7.3 (Table 3-1 was extracted from this discussion),
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The obvious solution to this problem is to provide a means for

attitude updating a short time prior to apogee burn. Several alternative

techniques for providing this function of attitude updating, or more

precisely, of attitude referencing during the long transfer coast period

are as follows:

a)

b)

Use an earth horizon sensor to provide kick stage attitude
reference about two vehicle axes and "gyrocompassing"
about the third axis, This scheme has the natural dis-
advantage that attitude control about the third axis is still
imprecise because of the gyro drift effects. This technique
has not been investigated in this study.

Use both an earth horizon sensor and a sun sensor for
complete three-axis attitude referencing. The sensors may
be body-fixed or gimbaled relative to the body. In the first
case, the kick stage attitude will be fixed relative to the
local vertical/sun line frame and will have to be altered
prior to the apogee burn. In the second case, the com-
plexities of mechanical gimbaling and angular readout
requirements are added and no distinct total system
advantage is expected.

In either case, it would be preferable if the launch time/
mission profile is constrained so that the sun is at a zenith
angle between 45 deg and 135 deg for a period of

five to 15 minutes before apogee burn time. The zenith
angle constraint is introduced for pointing accuracy con-
siderations (note that for a zenith angle of 0 degrees the
combination of sun and earth sightings does not give com-
plete three-axis attitude information). The time constraint
is introduced to minimize the time over which attitude must
be remembered and maintained inertially.

Replace the sun sensor with a star tracker to obtain greater
flexibility in the launch time/mission profile constraint. A
suitable star can be selected prior to launch. One possible
problem with this equipment configuration is that associated
with the inflight identification and acquisition of the chosen
star, This problem must be investigated further,

The performance of the system using earth and sun sightings to

improve attitude information prior to apogee burn was investigated. The

results indicate a six- to eight-fold improvement in performance over the

core configuration (Runs 2, 4, and 6 in Table 3-I), at least for the

missions in which transfer ignition occurs at the first equatorial crossing.
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For missions in which the kick stage remains in several parking orbits

before transfer ignition, attitude updating would be required prior to the

transfer ignition to minimize the effects of gyro drift during the long

parking orbit coast periods, his attitude updating, or referencing, can
be provided by the same earth horizon sensor/sun sensor combination.
The launch time/mission profile constraint imposed by this technique is
that the sun should be at a zenith angle of 45 deg to 90 deg for a period
5 to 15 min prior to the transfer, or perigee, burn for the following

reasons:

® Use of the lower zenith limit is necessary for accuracy con-
siderations.

® Use of the 90 deg limit is required to minimize the effects
of atmospheric refraction.

Note that the zenith angle constraint can be met for both perigee and

apogee bu.ns with proper selection of the launch time (see Figure 3-3).

The approximate kick stage positions prior to the apogee burn are:

Minutes before 9
apogee burn (deg)
15 2
10 1.5
5 1

The approximate kick stage positions prior to the perigee burn are:

Minutes before 83
perigee burn (deg)

15 60

10 40

5 20
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NOTE:
FOR SIMPLICITY, BOTH -
ORBITS ARE ASSUMED TO
BE IN THE EQUATORIAL

PLANE ] g

HOHMANN TRANSFER TRAJECTORY
~5,2 RA M
15 MIN y HOURS TRANSFER TIME)
10 MIN
185 KM CIRCULAR ORBIT
T~ (~90 MINUTE PERIOD)

( H=HOUR ANGLE o\

SUN FROM DESIRED
PERIGEE BURN POINT)

Figure 3-3. Acceptable Sun Locations for Perigee and Apogee Burns

e Zenith angle constraints:

45: <€ <90° in 185 km orbit;
45° <€ <135° near apogee of
Hohmann transfer

e To meet above constraints at T minutes before both perigee
and apogee burns, the sun must be within the H limits
indicated on Figure 3-3 by the fan-shaped regions:

1059 < H <1379, T = 15
850 < H <1309 T = 10
659 < H<=<110° T = 5
45°<H< 90° T = O

e For 5 minutes of continuous visibility before both perigee
and apogee burns the H limits should be:

105° = H <1309, 10=T =15
850 < H < 1109, 5<T <10
659 <H =< 909, O0=T= 5
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Even with attitude updating prior to both the perigee and the apogee
burns, the system performance is poor for the multi-parking orbit case
(Runs 7, 9, and 11 in Table 3-I), This poor performance is attributable
to parking orbit injection errors which propagate into errors in transfer
burn ignition time. The effects of this error source can be minimized by
properly updating the ignition time. The significant improvements (five
to eight fold) in system performance obtainable with the addition of this

updating procedure can be seen in Table 3-I (Runs 8, 10, and 12).
Several techniques for ignition time update are possible.
a) Complete parking orbit determination via ground tracking

b) Complete parking orbit determination via earth, sun and
star sensor readings

c) A combination of a) and b)

d) Simple prediction of equatorial crossing time (and hence
proper time for transfer burn ignition) via earth and sun
sensor readings.

Parking orbit determination via ground tracking is a proven
technique. However, there may be several shortcomings to this technique
for this particular application. The primary disadvantage is that,
depending on mission objectives, the kick stage may be required to
remain at the parking altitude for fewer than two complete orbits. In
this situation, the accuracy of the orbit determination may be degraded
sufficiently that no performance advantage is gained (Section 6 discusses

the problems of tracking in the low altitude earth orbit).

Parking orbit determination by a series of multiple celestial
sightings has the same limitations as that by ground tracking. Further
complications arise from the fact that the sun will be eclipsed for half
of each parking orbit. Also, to ensure sufficient sun sightings while the
sun is visible, the kick stage may have to be continually maneuvered
during the daylight portion of the orbit to achieve favorable sun line-of-

sight angles relative to the kick stage.

Technique d) is a "one-shot" open-loop prediction technique and is,

under the best conditions, the least accurate of those listed; but it may
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prove to be adequate and is attractive from several standpoints. It does

not require ground tracking and can be implemented with a body-fixed

earth horizon tracker and a body-fixed sun aspect sensor. Detailed

analyses of this technique have not been conducted as yet but are recom-

mended as an area for further study. The basic concepts for this

technique are outlined as follows:

a)

b)

d)

-70-

The angle subtense between the earth and sun lines-of-sight
from the vehicle can be expressed as

A=qg-0 = cos-l [(cos g, cost - sin ¢ sin t cos ie) cos E
- ((sin Q cos t + cos §; sin t cos i) cosi_ +
sint sini_ sini ) sin E]
e s
where {{ = zenith angle
§¢ = longitude of the ascending node
t = sun angle measured in ecliptic plane from
vernal equinox
i = inclination of equatorial and ecliptic planes
e
(23. 4 deg).
is = orbital inclination
E = wtv
w = argument of perigee
v = true anomaly

For an error-free injection, nominal values of g, i_ and
the time of equatorial crossing (i. e., the time when E = 0)
are predeterminable; for the nominal time of equatorial
crossing, t is also predeterminable.

Transfer burn ignition occurs at equatorial crossing, or
when E = 0; then

Ao = cos-] (cos cos t - sin (2 sin t cos ie)

Since the nominal values of 2 and t are known, a nominal
value of A, A, at which transfer ignition should nominally
occur, is precomputable.

During the parking orbit coast, the vehicle attitude can be
controlled to that predetermined inertial attitude required
for the nominal transfer ignition burn attitude.




f) From 5 to 15 minutes before ignition time (depending on
sun visibility conditions), begin tracking of the sun with the
body-fixed sun aspect sensor. When A = AO, ignite engine
for transfer burn.

Note that besides those errors due to attitude errors and to electro-
optical sensor errors, technique d)is subject to errors arising from
nominal injection. That is, because ¢ and t would in fact be non-
standard, the value of Ay used would not be that value which would
actually exist at the time of equatorial crossing on the non-standard
trajectory. However, it is important to note that this additional error
is effectively no worse after several orbits than it would be if the

transfer ignition were to occur at the first equatorial crossing.

Because of the relative simplicity of the concept outlined above,
further investigation is recommended. The sun visibility requirements,
sun sensor field of view and accuracy requirements, and expected

performance accuracy should be determined.

3.2.,2 Mars Orbiter Mission

A matrix of possible system elements by mission phase is listed in
Table 3-II. The onboard core guidance configuration includes the three-
axis strapdown inertial guidance subsystem, a body-fixed Sun sensor
assembly, a body-fixed Canopus tracker assembly, and a digital com-
puter. Midcourse and orbit insertion AV commands will be generated on
the basis of DSIF tracking data and executed under control of the strap-
down inertial system. For improved approach guidance and Mars orbit
insertion, a planetary approach sensor can be added. The functional

block diagram for this configuration is illustrated in Figure 3-4,

In this configuration, the primary attitude reference is established
by the spacecraft-Sun line and the spacecraft-Canopus line. The Sun/
Canopus acquisition sequence will be completely automatic. The acquisi-
tion sequence is functionally the same as used on past lunar and planetary
space shots:

a) Null error signals from the coarse sun sensor, and
then the fine sun sensor, will be used to control the

appropriate reaction control jet thrusters until the sun
sensor optical axis is aligned to the sun.
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b) Programmed body rate signals are then used to rotate
the spacecraft about the just established Sun line to
locate Canopus. (The Canopus tracker, 1 x 16 deg
instantaneous field of view, is mounted such that 1) its
long view dimension and the Sun sensor optical axis
are coplanar, and 2) its null axis is chosen such that
Canopus will be in the field of view throughout the
interplanetary trajectory.) Canopus discrimination
can be accomplished by utilizing both minimum and
maximum signal threshold detection.

c) When the Canopus image is nulled in the narrow view
dimension, complete three-axis inertial attitude ref-
erence for the spacecraft has been established. Initial
values for the direction cosines relating spacecraft
orientation to a reference inertial coordinate frame
are thus established.

The desired spacecraft attitude for all periods of thrust application
(i.e., for the midcourse corrections and for the aerocentric orbit injec-
tion) can be expressed in terms of desired direction cosine values. The
attitude change maneuvers required to achieve the proper thrusting direc-
tions can be controlled by differencing the proper three elements of the
desired and computed direction cosine matrices. The burn time will be
controlled on the basis of the desired AV magnitudes and the outputs of
the accelerometers, which can be turned on only for the thrusting peri-

ods,

The body-fixed approach sensor will be designed to have a 15 by 15
deg total field of view and will have its null axis prealigned such that the
target plane will be in its field of view from 6-1/2 days to one day before
encounter. The geometrical relationships between the three electro-

optical sensors and their fields-of-view are illustrated in Figure 3-5.

The approach sensor is sensitive in the visible light spectrum and,
as a consequence, the planet image may be gibbous or crescent depending
on approach conditions. Several algorithms suitable for determining
planet apparent diameter and centroid location within the total field-of-
view have been tested. One algorithm uses a simple three-point fix-
scheme and requires several complete scans of the image to minimize the
effccts of instrument errors. Another algorithm uses all available data

points obtained in one scan.
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Figure 3-5. Electro-Optical Sensor Field of View Geometry

In the three-point solution, the basic equation defining the circle

offset from the center of the scan field is used:

2 2 2
r _(xi-xc) +(Yi'Y)

where:

r is the radius,

X;y y; are the coordinates of a point on the circle
X.» ¥ are the offset coordinates of the center of the circle

i=1,2,3

(3-1)
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The solution equations, after three fixes are obtained, are

-1 2 2 2 2
X X = X -
c 2 y Yy X ty, =X -y
i} % 1 Y2 oY) 2 2 1 1 (3-2)
2 2 2 2
Ye X3 =%, Y3-Y; X3 tV3 =X -V4
1/2
_ 2 2
r = (xl = XC) + (Yl - YC) (3’3)

When using all available data points, a least squares error (LSE)
technique can be used. Equation (3-1) is first linearized by assuming a

priori values X. o Yoo and r, for X2 Vs and r, and

Ax = x =X

Ax Ax
c
AQC = mTm) P MmT | ay (3-4)
A
Ar LSE Ar
where:
) Yeo Y1 To |
E1 E1
Yy -y r
M = 1 cc;: 2 o
2
Yeo " Yn ¥
1 E
i n n |
E, = rr - ( Yy )2] /2
i o ¥ co
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The assumed a priori values are then updated with the new estimates
found in (3-4);

xcl = X + AX
A
Vel = Yeo ¥ 8%
r, =r + AT

The iteration process is continued until the magnitudes of Ax R Ay , and
A% conform to some pre-established smallness criterion. Ana.lys1s has
shown that no more than 3 iterations are required to reduce the final

error to a level well below the level of random error due to input noise.

Both schemes were analyzed by means of simulation in which uni-
formly distributed random noise with zero mean was superimposed in
each data point, Linear scanning of the 15 x 15 deg square raster was
assumed with a scan resolution of 0,015 deg (1000 lines across the
aperture). The results showed that the errors were approximately linear
with input noise level. The comparative results are therefore plotted
normalized to the input noise level and the normalized errors are plotted
against disk size. Figure 3-6 shows that the errors are comparable.
Intuitively however, the LSE may seem to be a more desirable choice

because of its comparative insensitivity to occasional peak noise inputs.

3.2.3 ILunar Orbiter Mission

Inasmuch as the guidance system for this mission will probably be
used to control the launch and ascent phases, as well as the translunar
and lunar phases, the complete three-axis strapdown inertial guidance
subsystem will be required. The system block diagram and operational
features are similar to those for the Mars orbiter mission (less the

approach sensor) and will not be repeated.

3.2,4 Jupiter Flyby Mission

The comments for the lunar orbiter mission apply to this mission,

and no further discussion will be made.
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4. STRAPDOWN INERTIAL GUIDANCE SUBSYSTEM

4.1 SUBSYSTEM CONFIGURATION AND INSTRUMENT SELECTION

Based upon the inertial equipment survey presented in Volume III
(Part II), two representative strapdown Inertial Reference Units (IRU)
were configured for purposes of this study. These IRU mechanizations,
denoted by TG-166 and TG-266, were based on presently available inertial
instruments and represent a range of readily achievable performance
capabilities. The selected IRU configurations are shown in Table 4-1.

The TG-166 represents an IRU subsystem with reasonable accuracy and
available at moderate cost. The TG-266 represents a higher performance

IRU subsystem available at a higher cost.

Table 4-1. Inertial Instrument Selection and Physical
Characteristics of TG-166 and TG-266
IRU Subsystems

IRU Model Volume | Weight | Power
Number Gyros Accelerometers (ecm3) (kg) (w)
TG-166 | Nortronics | Kearfoot 8, 200 8.7 72
GIK7 Model C 702401-005
TG-266 |Honeywell | See Volume IV 11,000 13.0 83
GG334 for selected
accelerometer

In order to permit an unclassified presentation of performance data in
this section, the identification of the TG-266 accelerometer is made in
Volume IV,

The strapdown configuration for both candidate IRU subsystems con-
sists of three single-degree-of-freedom gyros and three accelerometers
mounted in an orthogonal triad. A functional block diagram of both the
TG-166 and TG-266 IRU mechanizations is shown in Figure 4-1. Pulse
torqued gyro loops are assumed in both mechanizations. The accelerom-
eter rebalance loops are assumed analog with analog-to-digital conversion

at the output as shown in Figure 4-1. Appendix A discusses pulse torquing
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Figure 4-1., TG-166 and TG-266 System Block Diagram

techniques applicable to these mechanizations. The actual system and
configurations in the two candidate subsystems are the same except that

the TG-266 accelerometer loop utilizes a servo position amplifier instead
of a force-to-balance loop.

4,2 SUBSYSTEM ERROR MODELS

Error models for the two IRU subsystem configurations are given in
this subsection. These error models will be used as the basis for the

mission performance analyses presented in Section 7,

The error model coefficients were derived from the hardware sen-
sitivities given in Subsection 4.3. Each of the error model coefficients
represents a number of individual error sources. When error sources
could be represented by terms of the same form and where the resulting

errors were statistically independent, these errors were combined by
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computing the root sum square of the individual error magnitudes. Those
errors which were not statistically independent were combined in an

algebraic fashion,

The hardware sensitivities are shown in Tables 4-II and 4-III, These
sensitivities were derived from actual test data (information obtained from
the instrument manufacturers and TRW circuit design studies). In those
cases where data were not available, the error sensitivity terms were
conservatively estimated. Although several terms of the error model had

to be estimated, the sensitivities are generally insignificant in practice.

Two error models are presented for each configuration, one in which
a calibration update is performed just prior to launch and cne wi
update. This correction or updating would be made within a few hours of
launch to the thrust axis accelerometer bias and scale factor and the roll
axis gyro fixed drift and mass unbalance along the spin axis. The cali-
bration update is derived from a measurement of the output of the thrust
accelerometer and roll gyro immediately before or after the system is
installed in the launch vehicle and a second measurement just prior to
flight. It will be shown in Subsection 4. 7 that the system statistical

figure of merit can thereby be improved.

4.2.1 Instrument Error Model Equations

The reference coordinate system used is shown in Figure 4-2. The
X axis corresponds to the local vertical at lift-off or the roll axis of the
launch vehicle, while the Y and Z axes coincide with the two level axes

and the pitch and yaw axes of the vehicle, respectively.

4.2.1.1 Accelerometer

The error in sensed acceleration due to uncompensated error char-

acteristics and due to errors or changes in measured, compensated error

.'-

characteristics can be expressed by the following equation:

fThe adequacy of a given error model (the form, choice of terms and the
effects modcled) depends on the instrument characteristics, and on the
particular application. For the purposes of this study, an error model of
this form with K3 = 0 adequately represents the instrument characteristics
of the accelerometers chosen provided that proper account is taken of the
calibration errors including the correlations introduced by the calibration
process (sec Test and Tables 4-IV and 4-V),
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Table 4-1I. TG-166 IRU 60-Day Error Model Sensitivities

Accelerometer Loops

Accelerometer Loop Bias
Sensor and electronics uncertainty
Sensor stability
Electronics stability
Sensor temperature sensitivity
Electronics temperature sensitivity
Sensor voltage sensitivity
Electronics voltage sensitivify
Sensor vibration sensitivity
Sensor frequency sensitivity

Compensation error

Accelerometer Loop Scale Factor
Sensor and electronics uncertainty
Uncorrected sensor stability uncertainty
Electronics stability
Sensor temperature sensitivity
Electronics temperature sensitivity
Sensor voltage sensitivity
Electronics voltage sensitivity
Sensor vibration sensitivity
Electronics nonlinearity
Sensor frequency sensitivity
Clock rate error

Compensation error
Vibropendulous Coefficient
Sensor Cross Axis Sensitivity (Pendulous Axis)
Sensor Cross Axis Sensitivity (Output Axis)

Sensor Cross Coupling Coefficient
(Pendulous Axis)

Sensor Cross Coupling Coefficient
(Output Axis)

9.0 pg
12.5 pg
8.0 pg
6.0 ug/°F
1.0 ug/°F
3.0 pg/%
10.0 pg/%
5.0 pg
0.1 pg/cps
1.0 pug

12.0 ppm
51.3 ppm
41.0 ppm

20.0 ppm/°F
7.0 ppm/°F

5.0 ppm/%

1.0 ppm/%
10.0 ppm/g
25.0 ppm

0.1 ppm/cps

5.0 ppm
1.0 ppm

10 pg/g’
15 pg/g

1 ugl/g
50 pg/ g’

2
5 pgl/g
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Table 4-II. TG-166 IRU 60-Day Error Model Sensitivities (Continued)

Accelerometer Input Axis Inflight Alignment
Y accelerometer to X
m

Z accelerometer to X
m m

Compensation error
Xm accelerometer misalignment
Ym accelerometer misalignment

Zm accelerometer misalignment

0.2 arc sec/g

0.2 arc sec/g

0.01 arc sec
0.01 arc sec

0.01 arc sec

Gyro Loops

Gyro Non-g Sensitive Bias
Sensor and electronics uncertainty
Sensor stability
Electronics stability
Electronics voltage sensitivity
Sensor temperature sensitivity
Electronics temperature sensitivity
Sensor vibration sensitivity
Spin motor frequency error

Compensation error

Gyro Mass Unbalance Along the IA (MUIA)
Sensor uncertainty
Sensor stability
Sensor temperature sensitivity
Sensor vibration sensitivity

Compensation error

Gyro Mass Unbalance Along the SPA (MUSRA)
Sensor uncertainty
Sensor stability
Sensor temperature sensitivity
Sensor vibration sensitivity

Compensation error
Gyro OA Acceleration Drift

Gyro Anisoelastic Coefficient

0.02 deg/hr

0.05 deg/hr
0.15 deg/hr

0.006 deg/hr/%
0.012 deg/hr/°F
0.002 deg/hr/°F
0.10 deg/hr/g
0.00007 deg/hr
5 x 107> deg/hr

0.05 deg/hr/g
0.55 deg/hr/g
0.017 deg/hr/g/°F
0.30 deg/hr/g
0.0000 deg/hr/g

0.05 deg/hr/g
0.55 deg/hr/g
0.015 deg/hr/g/°F
0.30 deg/hr/g
0.00002 deg/hr/g

0.02 deg/hr/g

0.04 deg/hr/g2
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Table 4-II. TG-166 IRU 60-Day Error Model Sensitivities (Continued)

Gyro Torquer Scale Factor (Low Range)

Sensor and electronics uncertainty 6 ppm
Uncorrected sensor stability 48 ppm
Electronics stability 20 ppm
Sensor temperature sensitivity 12.5 ppm/°F
Electronics temperature sensitivity 12.0 ppm/°F
Electronics voltage sensitivity 10.0 ppm/%
Sensor vibration sensitivity 10.0 ppm/g
Electronics nonlinearity 3.0 ppm
Sensor nonlinearity 5.0 ppm
Spin motor frequency error 0.5 ppm
Compensation error 4.0 ppm

Gyro Torquer Scale Factor (High Range)

Sensor nonlinearity 100 ppm
Electronics nonlinearity 330 ppm
Remainder of errors 56 ppm

Gyro Input Axis Alignment

Stability
X gyro to Ym 10 arc sec
Y gyro to Zm 10 arc sec
Z gyro to Ym 10 arc sec
X gyro to Zm 10 arc sec

Compensation error
Xm gyro misalignment 0.01 arc sec
Ym gyro misalignment 0.0l arc sec
Zm gyro misalignment 0.0l arc sec
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Table 4-III. TG-266 IRU 60-Day Error Model Sensitivities

Accelerometer Loops

Accelerometer Loop Bias

Sensor and electronics uncertainty 6 g
Sensor stability 8 ug
Sensor temperature sensitivity 17 p.g/oF
Electronics temperature sensitivity 1 pg/oF
Sensor voltage sensitivity 1 pg/%
Electronics voltage sensitivity 1 pg/%
Compensation error 1 pg

Accelerometer Loop Scale Factor

Sensor and electronics uncertainty 8.0 ppm
Sensor stability 7.0 ppm
Electronics stability 1.0 ppm
Sensor temperature sensitivity 1.4 ppm/oF
Electronics temperature sensitivity 1.0 ppm/oF
Sensor voltage sensitivity ' 1.0 ppm/%
Electronics voltage sensitivity 1.0 ppm/%
Sensor vibration sensitivity 21.0 ppm/g
Clock rate error 5.0 ppm
Compensation error 1.0 ppm
Vibropendulous Coefficient 10 |.Lg/g2
Sensor Cross Axis Sensitivity (Pendulous Axis) 10 pgl/g
Sensor Cross Axis Sensitivity (Output Axis) 1 pgl/g

Sensor Cross Coupling Coefficient (Pendulous Axis) 30 pg/g
Sensor Cross Coupling Coefficient (Output Axis) 15 Mg/g2

Accelerometer Input Axis Inflight Alignment

Y accelerometer to X 0.2 arc sec/g
m m

Z _ accelerometer to X 0.2 arc sec/g
m m
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Table 4-III, TG-266 IRU 60-Day Error Model Sensitivities (Continued)

Compensation error

Xm accelerometer misalignment 0.01 arc sec

Ym accelerometer misalignment 0.01 arc sec

Zrn accelerometer misalignment 0.01 arc sec
Gyro Loops

Gyro Non-g Sensitive Bias

Sensor and electronics uncertainty 0.004 deg/hr
Sensor stability 0.060 deg/hr
Electronics stability 0.020 deg/hr
Electronics voltage sensitivity 0.006 deg/hr/%
Sensor temperature sensitivity 0.012 deg/hr/°F
Electronics temperature sensitivity 0.002 deg/hr/oF
Sensor vibration sensitivity 0.07 deg/hr/g

Gyro Mass Unbalance Along the 1A (MUIA)

Sensor uncertainty 0.004 deg/hr/g
Sensor stability 0.06 deg/hr/g
Sensor temperature sensitivity 0.01 deg/hr/g/°F
Sensor vibration sensitivity 0.15 deg/hr/g

Gyro Mass Unbalance Along the SRA (MUSRA)

Sensor uncertainty 0.004 deg/hr/g
Sensor stability 0.084 deg/hr/g
Sensor temp‘erature sensitivity 0.015 deg/hr/g/°F
Sensor vibration sensitivity 0.15 deg/hr/g
Compensation error 0.001 deg/hr/g
Gyro Anisoelastic Coefficient 0.02 deg/hr/g2

Gyro Torquer Scale Factor

Sensor and electronics uncertainty 6 ppm
Uncorrected sensor stability 10 ppm
Electronics stability 20 ppm
Sensor temperature sensitivity 13 ppm/oF
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Table 4-III. TG-266 IRU 60-Day Error Model Sensitivities (Continued)

Electronics voltage sensitivity 10 ppm/%
Electronics nonlinearity 3 ppm
Sensor nonlinearity 5 ppm
Compensation error 4 ppm

Gyro Input Axis Alignment

Stability
X gyro to Ym 10 arc sec
Y gyro to Zm 10 arc sec
Z gyro to an 10 arc sec
X gyro to Zm 10 are sec
Compensation
Xm gyro misalignment 0.01 arc sec
Y . gyro misalignment 0.01 arc sec
Zm gyro misalignment 0.01 arc sec
1A
X AXIS uP

(ROLL)

}
=

GYRO OA

SA

1A /SA
Z GYRO

— 7 (YAW)

AZ ACCELEROMETER

/ A, ACCELEROMETER
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Figure 4-2, Strapdown Coordinate Axis (Pad Orientation)
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Table 4-IVA, TG-166 IRU Error Model (No Update)

lo Value
Accelerometer Error Source X Y z
Bias uncorrelated (pg) 21.0 21.0 21.0
Bias correlated (pg)
Scale factor (ppm) 75.0 75.0 75.0
Y-X Z-Y
Alignment (mrad) 0.06 0.06
Gyro Error Source
Fixed drift uncorrelated (deg/hr) 0.187 0.187 0.187
Fixed drift correlated (deg/hr)
MUSA (deg/hr/g) 0.627 0.627 0.627
MUIA (deg/hr/g) 0.627 0.627 0.627
Scale factor (ppm) 57.0 57.0 57.0
Alignment (mrad) 0.05 0.05 0.05
IRU Error Source
Alignment (mrad) 0.10 0.10 0.10
Table 4-IVB. TG-166 IRU Error Model (Update)
10 Value
Accelerometer Error Source X Y Zz
Bias uncorrelated (pg) 13.0 21.0 21.0
Bias correlated (ug) 18.0
Scale factor (ppm) 29.0 75.0 75.0
X-Y Z-Y
Alignment (mrad) 0.06 0.06
Gyro Error Source
Fixed drift uncorrelated (deg/hr) 0.12 0.187 0.187
Fixed drift correlated (deg/hr) 0.16
MUSA (deg/hr/g) 0.31 0.63 0.63
MUIA (deg/hr/g) 0.63 0.63 0.63
Scale factor (ppm) 57.0 57.0 57.0
Alignment (mrad) 0.05 0.05 0.05
IRU Error Source
Alignment (mrad) 0.10 0.10 0.10
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Table 4-VA, TG-266 IRU Error Model (No Update)

lo Value
Accelerometer Error Source X Y Z
Bias uncorrelated (pg) 14.0 14.0 14.0
Bias correlated (pg)
Scale factor (ppm) 24.0 24,0 24.0
Y -X Y-Z
Alignment (mrad) 0.05 0.05
Gyro Error Source
Fixed drift uncorrelated (deg/hr) 0.09 0.09 0.09
Fixed drift correlated (deg/hr)
MUSA (deg/hr/g) 0.16 0.16 0.16
MUIA (deg/hr/g) 0.16 0.16 0.16
Scale factor (ppm) 26.0 26.0 26.0
Alignment (mrad) 0.05 0.05 0.05
IRU Error Source
Alignment (mrad) 0.10 0.10 0.10
Table 4-VB. TG-266 IRU Error Model (Update)
io Valu.e‘r
Accelerometer Error Source X Y Zz
Bias uncorrelated (ug) 10.0 14,0 14,0
Bias correlated (pg) 13.0
Scale factor (ppm) 23.0 24,0 24,0
Y-X Y-2
Alignment (mrad) 0.05 0.05
Gyro Error Source
Fixed drift uncorrelated (deg/hr) 0.07 0.09 0.09
Fixed drift correlated (deg/hr) 0.06
MUSA (deg/hr/g) 0.09 0.16 0.16
MUIA (deg/hr/g) 0.16 0.16 0.16
Scale factor (ppm) 26.0 26.0 26,0
Alignment (mrad) 0.05 0.05 0.05
IRU Error Source
Alignment (mrad) 0.10 0.10 0.10
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2
a; * Kpa; + Kja a,
j j i

Aaj = KO + K1
where subscripts i and 0 refer, respectively, to the input and output axes
of each accelerometer, and the subscript j refers to the X, Y, and Z accel-

erometer. The coefficients have the following definition:

Aa, = error in sensed acceleration along the X, Y,
. and Zaxes

KO = bias uncertainty

K1 = linear scale factor uncertainty

K2 = sensitivity to the square of the acceleration

along the input axis

K3 = sensitivity to the product of the acceleration
along the input axis and acceleration along the

output axis
The error in sensed acceleration due to the uncompensated mis -
alignment of the input axis of each accelerometer, with respect to the

reference coordinate system, is expressed as follows:

da. =fB.a.+B. a
i 1j j i k
where

Aai = error in sensed acceleration along the i axis
ﬁi = misalignment of the i accelerometer input

h] axis toward the j axis
Bi = misalignment of the i accelerometer input

k axis toward the k axis

4.2.1.2 Gyro

The gyro drift rate due to uncompensated error characteristics or

due to errors of changes in measured, compensated error characteristics

T

can be expressed as follows:

$=Cy+Cpa +Ca  +Cya;a

0 j J b o

TAdditional error sources, not strictly instrument dependent but signifi-
cant in this application, are included in Tables 4-IV and 4-V. The most
significant of these are gyro scale factor and gyro misalignment errors.
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where the subscripts i and s refer to the input and spin axes of the gyro,

respectively,
C0 = fixed drift rate uncertainty
Cl = spin axis mass unbalance uncertainty
C2 = input axis mass unbalance uncertainty
C, = anisoelastic coefficient

The resulting coordinate angular misalignment due to gyro errors is

given by:
r t . T
® = @ + o dt
J Jo JO J
®. = initial uncompensated misalignment of the gyro
Jo coordinate system about the j axis
‘i)j = drift rate about the j axis as determined from

error model

4.2.2 Error Model Summary

The error model equations used to evaluate the system performance
are discussed above., The coefficient of each term in the equation is listed
in Tables 4-IV and 4-V. The magnitude of each coefficient has been com-
puted from the characteristics of the hardware, the manner in which it
will be calibrated or updated prior to flight, and the expected flight

environment.
4.3 ERROR SENSITIVITIES

The performance sensitivities of the guidance hardware are shown
in Tables 4-II and 4-III. The IRU error models in Tables 4-IV and 4-V

were derived from these sensitivities and the expected flight environment.

+It should be noted that the drift rates must be transformed into inertial
coordinates before this integration is performed.
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The gyros, accelerometers, rebalance electronics, and related
equipment are acted on by disturbances during the period from calibration
to launch and during flight. The sensitivities of each component to each
significant disturbance has been based on a short-term duration of 8 hr

and long-term duration of 60 days.

The sensitivities, wherever possible, were derived from data taken
from instrument and breadboard level tests which were performed to

measure the performance characteristics.

The sensitivities are esser{tially the ratios of the change of a per-
formance parameter per change in a disturbance. An example would be

the change in non "g'" sensitive drift rate for a change in temperature.

b, = A
T AT
where
GT = sensitivity to temperature
A0 = change in drift rate between
two temperatures
AT = change in temperature

Sensitivities for both the TG-166 and TG-266 IRU subsystems were
derived in Tables 4-II and 4-III, respectively. Sinceboth subsystemshave
the same configuration and even the same generic type of inertial compo-
nents, the major difference will be seen in the magnitude of the error

sources, not the kinds of error sources themselves. In the case of the
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gyro, both instruments are floated, integrating rate, single-degree-of-
freedom devices and have approximately the same types of error sources.

The individual error values are quite different, however, in some cases.

The electronic sensitivities appearing in Tables 4-II and 4-III were
derived by assuming that the electronics design maximum tolerances were
30 values. Present circuit development and laboratory tests indicate that
most of the circuits will meet the design maximum tolerance under stress.
{In the case of the TG-266 IRU, the electronic errors are considerably
smaller since the susceptibility to electronic variation in the servo loops

can be minimized at increased cost.)

The TG-166 IRU subsystem error model has a great deal of test data
to substantiate the magnitude of the error terms appearing in Table 4-IV,
It appears, however, that the vendor's test data on the drift rate terms
both g and non-g sensitive could have relatively large measurement errors.
This occurred because the test data were compiled on an earlier program
which did not require the accuracy associated with a strapdown guidance
application. Therefore, the drift rate measurement tests were not designed
for accuracy beyond the requirements of the earlier program. It would be
expected that the GIK-7 gyro drift rate terms would be somewhat reduced
when more accurate data are available. This also assures that the sensi-

tivities in Table 4-II are conservative,

The error model developed for the TG-266 IRU subsystem is some-
what lacking in test data in support of the Honeywell GG-334A gyro. Some
data were available, but not as much as for the GIK-7 gyro. A great many
more of the sensitivities were obtained directly from the vendor without
test data verification, but all of the values obtained appear to be within

reasonable ranges considering the type and design of the instrument.
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4.4 DISTURBANCES

The disturbances which affect strapdown guidance system accuracy
fall into four categorics. These disturbances can also be subdivided into
prelaunch and inflight. The types of disturbances in this error model are

listed below.
a) Electrical power disturbances
b) Thermal disturbances
c) Magnetic disturbances
d) Inflight vibration disturbances.

4. 4.1 Electrical Power Disturbances

The prime power for the guidance system is +28 vdc power provided
from the missile power system. The expected power disturbances are

listed below.
+28 vdc 1o = £3. 3 percent

constant power spectral density from

100 cps to 100 ke 1o = 0.2 vrms
The 3.3 percent tolerance refers to the voltage set point and the 0.2 v rms
refers to the noise characteristics. In addition, it should be noted that the
error model does not account for any power transients which may occur.
The IRU power supply should be designed to eliminate or minimize these

power transients.

4.4.2 Thermal Disturbances

The thermal disturbances which will affect the guidance accuracy

are listed below.

a) Change in ambient temperature during laboratory
test and calibration

b) Change in ambient temperature from laboratory to
launch

¢) Change in ambient temperature during flight.

In the case of the laboratory environment, the tempe rature variation

was assumed to be #5°F about a mean temperature of 72°F.
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In estimating the change in temperature from laboratory and launch,
it is assumed that the IMU is in a shaded air-conditioned compartment.
Therefore, expected temperature variation would be similar to the labora-

tory environment of 72°F +5°F.

The estimate of ambient temperature during flight was derived from
knowledge of Atlas-Centaur flight data and thermal analysis. The data and
analysis indicate that the temperature can be considered a ramp function

as measured at the skin of the units comprising the subsystem.

Two heating cases would exist, the maximum heating rate and the
minimum heating rate. In the case of the maximum heating rate, the
following assumptions should be made: continuous direct solar radiation,
maximum earth thermal and albedo radiation. The minimum heating rate
assumes no direct solar radiation and minimum earth thermal and albedo
radiation. Table 4-VI lists the analytical results of the thermal analysis
and flight data for the Atlas-Centaur and an estimate for the TG-166 and
TG-266 IRU subsystems.

Table 4-VI. Temperature Rate (OF/ Min)

. Maximum | Minimum Flight .
S g
ystem Unit Heating Heating Data Estimate
Atlas/ Platform 0.96 0. 00 0. 90
Centaur
(powered |Platform 0. 80 -0. 32 0. 70
flight) electronics
TG-166 IRU 0.70
TG-266 IRU 0. 70

4. 4.3 Vibration

During flight the guidance system will experience vibration inputs
both linear and rotational in nature. An estimate from data accumulated
in several missile programs has been made and is shown in Figures 4-3

through 4-6.
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4.4,3,1 Linear Vibration

A great deal of flight test data is available on several types of mis-
siles. The power spectral density shown in Figure 4-3 was derived from
the combination of the Atlas/Mercury, Atlas/Agena, Titan, Polaris,
Thor-Able, and Minuteman vibration data. The envelope of this spectrum
was developed from representative magnitudes for all significant flight

events.

4.4,3.2 Rotational Vibration

The ability to derive an estimate of the rotational vibration experi-
enced during the missile flight is considerably impaired by the lack of
rate information at information frequencies in excess of 2 or 3 cps. Data
for several different types of vehicles were examined but due to the low
bandwidth of both the rate information and the telemetry channels, little
could be derived. The best information available was data from Minute-

man II flights where a data bandwidth of 30 cps was available.

The plots in Figures 4-4 and 4-5 represent the rate information
plotted with 3- to 4-sec smoothing. The plots also show missile flight

events.

The Minuteman flight data have been analyzed and a power spectral
density function computed for both the pitch and yaw data. This set of
data was considered representative of the typical Minuteman rotational

vibration.

The straight line approximation of this power spectral density is
shown in Figure 4-6. The flight times analyzed were from T + 16 to
T + 26 which includes transition through Mach I and T + 27 to T + 77 which
includes maximum "q", staging of first and second stages, and one-half
second stage burn. The combination of all of these events will result in
a high estimate of the total environment over the flight. However, this

was done to obtain a conservative approach for design purposes.
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4. 4.4 Magnetic Fields

Changes in the magnetic field experienced by the system originate
from two sources:

a) Rotation of the IMU with reference to the earth's
magnetic field

b) Magnetic field variations internal and external to the system

With proper design no significant change should be caused by b).
Therefore, only the earth's magnetic effect need be considered in the IRU

calibration.
4.5 ERRORS DUE TO RANDOM VIBRATION INPUTS

TRW has developed a series of digital computer programs to deter-
mine the equivalent drift rate errors resulting from IRU exposure to an
environment of random rotational vibration. From previous analyses two
of these rectification error sources are the largest, first, the "fictitious
coning" and second, the spin-input rectification. Although several other

sources exist, they are relatively small.

4.5.1 Fictitious Coning

A coning motion can be induced into the IRU subsystem by simul-
taneous out-of-phase sinusoidal or random inputs about two orthogonal
axes. The rotational rate resulting from this input will be computed by
the airborne computer and used to update the direction cosines. An error
in the coning drift rate will result if the rate sensor loops supplying the
computer with vehicle rotational rates have different phase characteristics.
The difference between the phase shifts experienced through each loop will
cause vehicle input rates to change phase relationship at the input to the
computer. The computer will then calculate the coning drift rate on the
basis of these rates. Since the rate is dependent on the phase between
the two input rates and the phase relationship of the sensor outputs is in
error with respect to the true vehicle rate, an erroneous coning rate will

be computed which results in an equivalent net drift rate.

4.5.2 Spin-Input Rectification

The spin-input rectification error is the result of angular vibration

excitation acting simultaneously about the input and spin axes of the gyro.
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The error is introduced when the input axis of the gyro is allowed to have
an offset angle due to the rate on the input axis. If there exists a rate of
appropriate phasing and frequency about the spin axis 90 deg from the

null position of the input axis, an error rate will be rectified by the gyro.

Appendix B presents the general solution for the mean drift rate
caused by rectification errors in a strapdown IRU subjected to random
vibrations. A computer program exists at TRW for performing the neces-
sary integrations. An approximate analytical solution is also presented
in Appendix B for the mean drift rate for the special case of a single in-
put where both the transfer functions and input power spectral density
are rational functions of frequency. A particularly simple result is
obtained when the spectrum is approximated by that of a first-order
Gauss-Markov process. The answer is obtained without the necessity

for numerical integration and thus verifies the computer solutions.
4.5.3 Results

The results of the calculation of fictitious coning and spin-input
rectification based upon the rotational vibration environment given in

Figure 4-6 are listed in Table 4-VII below.

These error magnitudes are negligible with respect to the other sub-
system hardware errors. Therefore, they do not appear as an error

source in the error models presented earlier.

Table 4-VII. Strapdown Inertial Component Errors Due
to Random Rotational Environment

Fictitious Coning 0.00104 deg/hr

Spin-Input Rectification 0.00076 deg/hr

4.6 LABORATORY CALIBRATION

l.aboratory calibration involves a sequence of measurements which
may contain errors. Sec Table 4-VIII for the error model. The laboratory
calibration terms for the accelerometers and gyro will be derived from
measurements taken during the six IRU calibration orientations shown

in Figure 4-17.
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Table 4-VIII.

Error Models of Calibration
Measurement Uncertainties

Error Source Measurement Uncertainties (10)
TG-166 TG-266
Accelerometer Bias
Sensor threshold 1 i
Sensor short term stability 5 3
Test equipment accuracy 5 5
Voltage measurement 3 -
A/D Converter short-term
stability or servo loop 5 1
13 ug 6 pg
Accelerometer Scale Factor
Bias uncertainty 13 6
Scale factor short term
stability 10 5
A/D converter short-term
stability or servo loop 5 1
Timing 1 1
17 ppm 8 ppm
Gyro Non-g Sensitive Bias
Sensor random drift 0. 050 0.0037
Electronics random drift 0. 001 0. 001
Reading granularity 0. 0001 0. 0001
0.05 deg/hr  0.004 deg/hr
Gyru Sensitive Bias
Sensor random drift 0. 050 0.0037
Alignment 0. 005 0. 005
Electronics 0. 001 0. 001
Readability 0. 0001 0. 0001
0.05 deg/hr  0.0066 deg/hr
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Table 4-1X shows the measurement terms to be used to determine
instrument calibration. The accelerometer bias and scale terms can be
obtained from the A and A measurements taken in positions (1, 4),

up down
(3,6). and (2, 4), respectively. The bias and scale factor can be computed

using the expression below.

ZAV. . + ZAV

. _ U D
Bias = Z(T)
where
Bias = accelerometer bias
ZAVU = summation of the AV pulses taken with the
IA up
ZAVy = summation of the AV pulses taken with the
IA down
T = duration of measurement period
- ZAVU - ZAVD
2T (g)

-104-




a13u®e juswudrrestN

"
(=8

Ijea m-ﬂuhdo q.mnua.ahwxr A.NUOJ = >~u
2jel s,Ylie2 [BJUOZLIOY [BDOT] = EG (se1q oxA8) anbioj jueisuon = 1D
H z , H H 3 - A (3 - qud 0143
s 9+ (3)VINW +1D As+(B)VsSaW + 1D s+ LD 5+ (B)VINW - LD |5 - (B)vSnW - 1D + 1D Z
3 £
A - (B)venn+10 | P d +(8)vinm + LD H%d + 10 A +(B)yvsnn + 1o | P+ (8)viaw - 1o He v 10 0148 %
b4 X
Hys 4 (8)vinw + 1D He+ 1D A - (8)yvsnw - 1o | (B)viaw+ P d+ 10 H*e + 1o A +(8)vSaW + 1D 0148 X
dily Nmoa,, 1935w10
-I191900% Z
(
NMO H< nﬁD&a I93j2Wo
-I97920% X
Nmoda

v an< I3jawio
-13120%®e X

9 S ¥ € r4 1
juswunJIjsu]

uoljlsog uollexqlie)d

SUII9 ], JUSWILINSEI N UOlJeIqITR D) JUIWNIISU]

‘XI1-¥ °219®%L

-105-




where

SF = accelerometer scale factor

gravitational acceleration

o
il

The computation of gyro drift terms, while more involved, requires
merely a series of simple arithmetic operations using data taken during

the six calibration positions.

4.7 PRELAUNCH CALIBRATION

This subsection presents the results of a prelaunch calibration
study for the inertial sensors in a strapdown configuration. A Saturn
vehicle ground environment is assumed. The study indicates that it is
feasible to perform a prelaunch calibration on the strapdown guidance

system after it has been installed in the launch vehicle (or spacecraft)

in the launch configuration.

The results show that vehicle sway is the dominant error source.
Furthermore, the measurement uncertainty of a gyro with its axis vertical
and with use of the proper filtering technique could reduce a 20-min meas -
urement period to 0. 003 deg/hr(lo'). However, uncertainty for the gyros
with their axes horizontal was far greater. The vertical accelerometer
measurement uncertainty would remain about the same as laboratory
conditions (9ug); but greater degrees of uncertainty occur in the horizon-
tal accelerometer measurements, which render them virtually useless.
Therefore, only the roll axis gyro and accelerometer are considered for

prelaunch calibration.
4,7.1 Procedure

The individual error sources are calibrated on the bench about
60 days before launch. About 8 hr before launch, the roll axis gyro
and accelerometer are recalibrated by measurements taken in the launch
configuration, i.e., roll axis nominally vertical. The significant errors
are gyro bias drift and mass unbalance along the spin axis drift, and

accelerometer bias and scale factor.
4.7.2 Notation

Since both the gyro and accelerometer have fixed and g-sensitive

terms, a single derivation is adequate. By having B represent the sensor
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bias error and G the sensor g-sensitive error, the sensor errors can be

divided into Equations (4-1) and (4-2)

B:B1+BZ+B3+B4 (4-1)
and
G=G +G,+G,+G, (4-2)
where
Bi’ G1 have correlation times longer than 60 days
B,, C‘v2 have correlation times between 8 hr and 60 days
B3, G3 have correlation times shorter than 8 hr
B4, G4 exist only in the presence of the launch and flight

vibration environment

The total sensor error is given by
E =B + aG (4-3)

where a is the roll axis acceleration. The Bi and Gi and all measurement

errors are assumed to be independent random variables with zero mean.

4.7.3 Bench Calibration

At time tl’ bench calibration is performed and the calibrated bias,
Bc' and g-sensitive, Gc' errors are obtained. If the calibration is per-
formed over about a period of a day, the error sources with correlation
times shorter than 8 hr (B3 and G3) will average out fairly well.
If e, and ¢, represent the measurement error, including any residual

B G
error caused by the presence of B3 and G3, then

B_(t,) = By (t) + B,(t,) + cplt)) (4-4)
G_(t,) = Gy () + G, (t,) + ¢ (t,) (4-5)

4.7.4 Prelaunch Calibration

At time t,, 60 days later and 8 hr before launch, a measurement

2’
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of the total sensor error is performed, using the calibration obtained at
time t,.

E(t,) = Blt,) - B_(t,) + g|G(t,) - G_(t)] + <(t) (4-6)

where ¢ is the measurement error and a has been replaced by g under the
assumption that the gyro is in a one-g field. Because of the assumptions

made about the correlation times,
B, (t,) =B, (t,) (4-7)
Gi(tZ) ?—‘_Gi(ti) (4-8)
and from Equations (4-1), (4-2), (4-4) through (4-8)
E(tz) = Bz(tz) - BZ(ti) + B3(t2) - eB(ti)
+ g[G,(65) - Gylty) + Gylty) - et + <ty (4-9)

This measurement is now used to correct both the bias and g-sensitive

calibrations,

B_(t,) = B_(t;) + kgE(t,) (4-10)
G (t;) = G_(t;) + kGE(t,)/g - (4-11)

The gains kB and kG are chosen to minimize the variance of B'(t3) and

G'(t3), the residual bias and g-sensitive errors at launch time, where

B'(t,) = B(t3) - B_(t,) (4-12)
G'(t3) = G(t3) - Gc(tz) (4-13)

Note that at time ty and throughout the flight, the B4 and M4 terms are

present because of the vibration environment. Because of the assumptions

about correlation times,

Gl(t3);G1(t1) (4-15)
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Bz(t3)’£B2(t2) (4-16)

G, (ty) = G, (t,) (4-17)

Combining the above equations gives
B'(t,) = [B,(t,) - B, (1) - gt )|t - kp) + Byleg) + By(ty)
- kBlB3(t2) + g[GZ(tZ) - Gy lt,) + Gylty)
- et + ety (4-18)
G'lt) = [Golty) - Gylty) - gt )|t - k) + G e,) + Gyley)

-kG

G,lty) + IBz(tz) - B,(ty) + Bs(t,) - eB‘"i’]/g

e(t,)
2
2 4-1
b — (4-19)

Calculating the variance by squaring Equations (4-18) and (4-19) and
finding the expectation gives

2 [ 2 2 2. 2 2
Oyt 20, + o ](1—k Y+, + 0
B B, e B B, "B,

0']23 + g2 [20-(2] + (ré + 0 ]+ crf] (4-20)
2 3 G

q
QN
I
Y
Qe
-+
q
m oo
(RS
_
1
~
Q
N
-+
oo
+
q

+—2' (4-21)
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Let

2 2 2
o = 2o + o (4-22)
BL B2 €p
2 2 2
o =20, + o (4-23)
GL G2 ‘G
2 2 2 2 2
TR T O'B + g o-G + 0 (4-24)
3 3
Then
2 2 2 2 2 2(2 2 2)
= - -2
o, = o5 (1 - kg) 4 5, + "3, + kB(g et O (4-25)

2 2 2. 2 .2 | .2(2 /z 2 |2
cen = ol - k)t oG +on kG log, [e°+ o [e)  (4-26)

Let the partial derivatives of the variances with respect to the gains be

set equal to zero.

2
Oo
B' _ 2 2 2 z) _
-51—(; = -2(1 - kB)O'BL+ ZkB(g O'GL+ O'E = O (4_27)
952
B' 2 2 2 2/ 2
= - - = ..2
o 2(1 - kgdog + ZkG(GBL/g +op g) 0 (4-28)
Then
;2
B BL
kg =73 N 2 2 + o2 (4-29)
B, T & "GL VT °E
and
o252
_ GL
T S R (4-30)
BT B %GL T °E

arc the optimal gains. Note that the optimal gains do not depend upon the
B3(t%) and B4(t3) crrors or the G3(t3) and G4(t3) errors, Thus the optimal
calibration procedurce gives the best estimate of Bc(tz) and Gc(tz) without
rcegard to the errors that are expected to arise later. Therefore it would
be erroncous to lump the errors arising from B3(t3), B4(t3), G3(t3). and
(14(t ,})) in with the errors at time tz that contribute to o%. This circum-

stance is not surprising, sincce the error terms under consideration at t,

arc assumed to be uncorrelated with those at tZ'
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4.7.5 Inputs for the Error Analysis Program

The error analysis program requires the standard deviations TR
and T which may be obtained by taking the square roots of Equations

(4-25) and (4-26). In addition, the correlation between B'(t3) and B'(t3)
is required. It is defined by
(B'(t,)G' (L)
PRiG = (4-31)

’B'7G!
where (x> is the expected value of x. From Fquations (4-18) and (4-19)

<B'(t,) G'(ty)> = ‘(Z‘TBZZ + o‘EBZ)/ng(l - kp)

2 2
- (20~ + o gk (1 - k)
( G2 EG) B G

2 2 2
+ ("B3 /g + gO'G3 + o, /g) ks kg (4-32)
From Equations (4-22) through (4-24) and (4-31)
o 2 o 2
BL 2 E
- kG(l-kB) - TGL ng(l -kG) + g kaB (4-33)

pB'G' = U'BIO'GI

4.7.6 Errors in the Absence of Calibration

To form a basis of comparison, we find the errors that would exist

if the prelaunch calibration were omitted, by setting kB and kG equal

to zero,
2 2 2 2
og =ogy, tog + og (4-34)
3 4
2 2 2 2
°g = oqr 1 ch3 + 0'G4 (4-35)

PG = 0 (4-36)
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4.7.7 Note on the Determination of R and CGL

Equations (4 22) and (4-23) show that a coefficient of two appears
2 o
before O’BZZ and °G, It is important to recognize that the cocfficient of
two would also appear in the results of a physical measurement made to

determine OB, " In fact, the results of such a measurement would be
2

2 2 2
o =20, ¢ 20 (4-37)
BM BZ €pR

2 2 2
o =2¢ + 20 (4-38)
GM G2 €G

since measurement errors occur both at the beginning and the end of the

60-day period. Therefore

2 2 2
°g1, - BM T~ % (4-39)

B

2 2 2
GL ~°GM - 0'€G (4-40)

although in practice o 2 and o, 2 should be small enough so that

Equations (4-39) and (4-40) may be approximated by

2 2

*RL. = IBM (4-41)
2 2

’GL = 'GM (4-42)

-112-




4,7.8 Numerical Results

Table 4-X is obtained from Tables 4-II and 4-1IV.

Table 4-X. Prelaunch Calibration Errors for the TG-166 IRU Subsystem

Gyro Accelerometer
ORI, 0.180 deg/hr 20.4 Bg
B3 0. 050 deg/hr 5.0 g
On A 0 deg/hr 0 g
TGL 0. 549 deg/hr/g 74.5 nglg
Tq3 0. 050 deg/hr/g 10.0 pngl/g
T4 0. 300 deg/hr/g 0 nglg
L 0.033 deg/hr 13.0 g

With the above choice of units, g equals 1. The results are presented in
Table 4-XI for the uncalibrated case, the optimal case, and the basic case

where kB =0, k. =1, that is, where all of the correction is applied to

G
the g-sensitive error. The basic method is used because the improvement
obtained by using the optimal method is only 5 percent at best and because
the basic method is simpler. The modified error sources are presented

in Table 4-XII,
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Table 4-XI.

Comparison of Optimal and Basic Prelaunch Calibration
Errors with the Uncalibrated Case for the TG-166 System

Uncalibrated Case

Gyro Accelerometer
kg 0 0
kg 0 0
oq 0.187 deg/hr 21.0 ng
o 0. 627 deg/hr/g 75.0 ng/g
PR G 0 0

Optimal Case

Gyro Accelerometer
kB 0.0953 0.0666
kG 0.887 0.886
On! 0.178 deg/hr 20.3 Mg
o 0. 356 deg/hr/g 27.0 rhg/g
PR'G' -0.453 -0.672

Basic Case

Gyro Accelerometer
kp 0 0
ks 1 i
’B' 0.187 21.0
°G' 0. 362 28. 5
PR'G' -0. 479 -0. 696
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Table 4-XII. Modified Error Sources for the TG-166 System

Error Source! Description Value Units
73 Accelerometer scale 28.5 negl/g
factor
263 Gyro input axis g- 0.362 deg/hr/g
sensitive drift

P40 73 = -0.696 TSee Table 7-I for the definition

of error source numbers,

P230,263 = -0-479

4.7.9 Percentage of Improvement

It is of interest to determine the percentage of cases in which the
use of the optimal or basic calibration technique leads to improvement

over the uncalibrated system. The injections error can be expressed as

BV, oV,
AV; = 5g B'lty) + 55 G'(ty) (4-43)

The partial derivatives are available from the Error Analysis Program,
A Monte-Carlo technique was used to generate random shifts in the gyro
bias, mass unbalance and measurement errors and compute the resultant
injection velocity, The random shifts and measurement errors were

generated from gaussian pseudorandom numbers.

The errors for both the updated and non-updated configuration were
computed and compared. The percentage of cases of increased injection

error for the updated system were computed and printed out,

The results of the computer runs are summarized in Table 4-XIII.
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Table 4-XIII. Statistical Improvement Due to Prelaunch Calibration

Percent of
Number of No Systems
Run Samples Improvement Improvement Improved
1 590 51 539 91.4
2 530 43 487 91.9
3 500 45 455 91.0
4 500 47 . 463 92,17

Runs 1 and 2 are for gyro mass unbalance calibration while Runs

3 and 4 are for accelerometer scale factor calibrations. In Runs 1 and 3

the basic calibration technique was used while in Runs 2 and 4 the optimal

calibration technique was used. The advantage of the optimal method

over the basic method is not marked.
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5. ELECTRO-OPTICAL SENSORS

5.1 INTRODUCTION AND SUMMARY

The objective of Task II of the Radio/Optical Strapdown Inertial
Guidance Study is to recommend a preliminary design and to analyze the
performance of an optically-aided inertial guidance system to be used in

future unmanned space flights. The approach to this portion of the study

has been to:

1)  Identify the functional and performance requirements
for electro-optical sensors by mission phase for each
of the four generic missions studied.

2) Survey the state-of-the-art of electro-optical devices
that potentially might be used, including body-fixed
star mappers for three-axis altitude determination,
planetary horizon sensors, and sun sensors.

3) Using the results of 1) and 2), select appropriate
candidate sensors.

4) Develop performance models for the sensors and
analyze their performance in conjunction with
other elements of the system for each of the four
missions.

The method of implementation which has been considered in this
study is that of a strapdown inertial guidance system in which the electro-
optical sensors are used to update system alignment and bound the errors
due to gyro drift. In addition, the electro-optical sensors may be used
for regaining control of spacecraft attitude after a complete power shut-
down during an interplanetary coast phase, or after recovery from a

complete power failure.

The candidate electro-optical sensors which have been selected are
based upon those defined in a state-of-the-art survey presented in
Volume III, (Part I), of this report. Information in this survey was
obtained directly from manufacturers and research laboratories, and
defines both the current state-of-the-art and projected advancements in

the near future. In addition, applicable information compiled under the
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USAF Standardized Space Guidance System Study (Ref 4-1) was included.
This survey included the following types of optical sensors:

L] Sun sensors, including both nulling devices
and solar aspect sensors.

L Earth sensors, including both horizon sensors
for use in earth orbit and long-range earth
sensors for use in interplanetary flight.

® Star trackers, including both gimbaled and
strapdown subsystems, using both mechanical
and electronic scanning, and photoelectric or
solid-state optical radiation detectors.

® Star field sensors, using photoelectric and
solid-state detectors, with either mechanical
or electronic scanning techniques.

° Planet sensors, for terminal approach or
planetary orbit, employing both mechanical
and electronic scanning.

It was determined that the four specified missions could be accom-
plished utilizing various combinations of sun sensors, earth sensors, a
Canopus sensor, and a planetary approach sensor. Only in the case of
the Mars orbiter mission was it determined that state-of-the-art equip-
ment was not applicable. In this case it was determined that, in order
to obtain a higher degree of accuracyf, higher precision would be required
for both the Canopus sensor and the planetary approach sensor. A preli-
minary design concept of instruments for both of these applications is
defined.

This section discusses the selection of the electro-optical sensors,
provides descriptive preliminary design information, and develops
performance (error) models for the selected sensors. Mission perfor-

mance results are given in Sections 7 and 8.

TThis type of mission can be performed with reasonable accuracy without
the use of an approach guidance sensor. More specifically, the early
Voyager missions can be accomplished using a combination of on-board
optical inertial system (without the approach sensor) plus precision earth-
based tracking, if the projected improvements in the DSIF can be achieved
(sec Section 6). Nevertheless, the accuracy improvement due to use of
the approach guidance sensor may be useful for advanced orbiter missions.
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5.2 MISSION PROFILE AND ELECTRO-OPTICAL SENSOR
OPERATIONAL SEQUENCES
In the following paragraphs the operational sequence of utilization
of the selected electro-optical sensors is discussed for the several
phases of the specified missions. The sensors which have been selected

for the various missions are defined in Table 5-1.

5.2.1 Earth Synchronous Orbiter

During launch, injection into the parking orbit, coast in parking
orbit, injection into the transfer orbit, and injection into synchronous
orbit, the primary attitude reference will be the inertial elements of

the guidance system.

Launch and injection into the parking orbit will be accomplished
using only the strapdown inertial guidance system. The duration of the
parking orbit will vary between 15 min and 18 hr, depending upon the
longitude desired for boost into the transfer orbit. If the duration of the
parking orbit is sufficiently long to require correction of the inertial
reference system prior to boost into the transfer orbit, optical sightings
will be utilized at this time. A low-altitude earth horizon sensor will be
used to obtain a measurement of the vertical, in conjunction with sun
sensors to obtain yaw alignment. Two choices of sun sensor configurations
are apparent. Using a combination of coarse and fine sun sensors, vehicle
maneuvers will be required in order to obtain a solar sighting, after which
the vehicle will be returned to the earth-referenced attitude. Alternately,
the use of a digital solar aspect sensor will permit a solar sighting to be
obtained simultaneously with measurement of the vertical by the earth
horizon sensor, without requiring vehicle maneuvers. The latter choice

is recommended.

After approximately five hours in the transfer orbit, correction of
the inertial reference system alignment will again be required prior to
injection into the earth-synchronous orbit. Again, the sun will be used
as a reference for correcting the vehicle attitude in yaw, and the earth

will be used as a reference for correction of the vertical.
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The same choice of sun sensors pertains, and the digital solar aspect
sensor is again recommended. Due to the reduced angular subtense of
the earth at synchronous altitude, a high-altitude earth sensor must be

used.

5.2.2 Lunar Orbiter

As in the case of the earth-synchronous orbiter, the inertial elements
of the guidance system will be utilized as the primary attitude reference
for launch, injection into parking orbit, and for coast in parking orbit.
The duration of the parking orbit may vary between 0 and 20 min. For

this short coast phase, no attitude update of the inertial system is required.

After injection into the lunar transfer orbit, the primary attitude
references will be the Sun and Canopus. The coarse and fine sun sensors,
in conjunction with a single-axis Canopus tracker, will be used during
this phase of the mission. The precision available from these sensors
together with the onboard inertial system and ground radio tracking aids
(see Section 6) is adequate to perform the midcourse correction maneuver
and deboost into lunar orbit without the use of additional electro-optical

sensors for approach guidance.

5.2.3 Mars Orbiter

Injection into interplanetary transfer orbit will normally require
parking orbit coasts not exceeding 30 min. Thus, no optical sensors are
required during this phase of the mission. After injection into the inter-
planetary transfer orbit, coarse and fine sun sensors in conjunction with
a Canopus tracker will be used. However, the Canopus tracker is also
used for approach guidance to Mars. To achieve any significant improve-
ment in approach trajectory estimation over that available with earth-based
DSIF tracking (Section 6), very high precision is required during this phase
of the mission. Therefore, a Canopus sensor withhigher tracking accuracy
than that available in state-of-the-art equipment is required for this
mission, A preliminai‘y design concept for such a sensor is presented in

Paragraph 5. 3.4,

Precise sensing of the line-of-sight to the Sun is required during

approach guidance, which may be performed with an available fine sun
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sensor. With the reference frame established by lines-of-sight to the Sun
and Canopus, a planetary approach sensor \;vill be used to define spacecraft
position data with respect to the planet by: a) defining the direction to the
center of Mars, and b) establishing the apparent angular subtense of the
planet to permit stadimetric ranging. A preliminary design concept of a
high-precision planet sensor, utilizing a high-resolution electronically-
scanned image tube, for this phase of the Mars mission is presented in

Paragraph 5. 3. 5.

5.2.4 Solar Probe With Jupiter Assist

Again, no electro-optical sensors are required prior to injection
into the interplanetary transfer orbit. For the interplanetary cruise
phase and for midcourse corrections the sensor used will be identical
to those used for the Mars mission. The use of a planetary approach
sensor in approach to Jupiter is not required for guidance purposes
since no trajectory corrections are made subsequent to the midcourse

maneuver.
5.3 DESCRIPTION OF SELECTED ELECTRO-OPTICAL SENSORS

In the following paragraphs, the electro-optical sensors selected
for the various missions are described in detail, and justification for
their selection is provided. Wherever feasible, state-of-the-art equip-

ment was selected, based upon the survey defined in Volume III (Part I).

5.3.1 Coarse and Fine Sun Sensors

The coarse and fine sun sensor combination will be utiiized in all
of the four missions under consideration for determination of vehicle
attitude prior to midcourse correction maneuvers and for vehicle reorien-
tation during recovery from complete power shutdown or failure. In
addition, this sensor combination will be used for determination of vehicle
attitude during approach to the planet Mars. Although a digital aspect
sensor is recommended for use as a primary reference prior to injection
into the earth-synchronous or interplanetary transfer orbits, the
coarse and fine sun sensor combination is recommended as a backup in

case of power failure.

The candidate sun sensor system consists of two coarse sun sensor

units having a 4 steradian total field-of-view and sufficient environmental
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resistance to be mounted outboard the spacecraft, and a narrow-field
fine sensor to be mounted inboard, integrated with the other fine optical
sensors. The coarse sun sensor is a design proposed by TRW for the
Voyager program, and is based on a sun sensor developed for the VASP
spacecraft. Each coarse sun sensor unit consists of two silicon solar
cells, mounted back-to-back and in optical contact with a plano-convex
lens. The cell outputs are connected in opposing polarities across a low
resistance. The voltage measured across the resistance is proportional
to the sun elevation above the common plane of the two solar cells and,
hence, provides a one-axis error signal, Figure 5-1 illustrates the
coarse sun sensor concept, its measured transfer characteristic, and

system arrangement.

The fine sun sensor is the FE-5A "fine eye" developed by the Ball
Brothers Research Corporation. Two pairs of "fine eyes" are required
to track the sun, one pair for each axis. Each of the "fine-eye" sensors
consists of an objective lens, knife-edge reticle, filter, and silicon solar
cell. The output current from a single cell is linearly proportional to
the displacement of the sun angle from the optical axis. A pair of sensors
provides a total linear error-sensing range of +5 deg from the null plane.
Two such pairs define an image null angle. The fine-eye unit is very
simple, mechanically rigid, and electrically stable. The performance
specification indicates a null shift of #1 min or less, over a temperature
range of -20 to +85°C. This fine sun sensor system has been successfully

used on the Lunar Orbiter and OSO-1 spacecraft.

Selection of the particular sun sensor design described above is

based on two considerations:

1) Use of separate units permits coverage of a full 4-¢
steradian field with good linearity and stability
about null.

2) The silicon solar cell has been thoroughly proven
in space applications and requires no power input.

The scale factors for the coarse and fine sun sensors are designed
to be nearly equal between 4 and 5 deg from null. The attitude control

system is switched from the coarse sun sensor to the fine sun sensor
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Figure 5-1. Coarse Sun Sensors
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within the 4- to 5-deg band, so that the transition will not produce a
discontinuity in the signal. The electronic configuration of the sun sensor
configuration is illustrated in Figure 5-2. Detailed specifications are

defined in Table 5-1I.

5. 3.2 Digital Solar Aspect Sensor

The digital solar aspect sensor is recommended as the primary
reference for correction of vehicle attitude in yaw for the following mis-

sions and phases:
a) Earth-synchronous orbiter

1) Prior to injection into the transfer orbit
from parking orbit,

2) Prior to injection into the synchronous
orbit from the transfer orbit.

PITCH
COARSE —>
SUN PITCH | PREAMPLIFIER AMPLIFIER
SENSOR SOLID
STATE
SWITCH
PITCH | PREAMPLIFIER
|
SWITCHING
FINE $+————— * SENSOR
SUN [ S —— (PLUS OPTIONAL
SENSOR | AGC AMPLIFIER)
|
YAW | PREAMPLIFIER
SOLID
STATE YAW
COARSE SWITCH
SUN Yaw | PREAMPLIFIER AMPLIFIER
SENSOR

Figure 5-2. Sun Sensor Electronic Configuration

-125-




Table 5-1I.

Coarse and Fine Sun Sensor Specifications

Fine Sensor As semny‘r

Accuracy (fine eye pair at null)

Peak output (short-circuit current
in direct sunlight)

Angular range (fine eye pair)

Angular sensitivity (front edge)

Spectral response

Response time (rise time from
10 to 90 percent of peak value)

Resolution

Temperature operating range

Weight: FE-5A fine eye
Eye assembly retainer

Coarse Sensor Assembly

Field of view
Null accuracy (each axis)

Linearity (over +20 deg each axis)

+ arc min

1,5 ma nominal
+15 deg nominal
5 pamp/arc min
0,70 to 1.1 p;
0.81 p peak

20 psec or less
Virtually infinite
-20°C to + 85°C

6.0 gm
3.5 gm

4w ster
+1 deg

+10 percent

Physical Characteristics
{Includes Electronics}

Size 330 cm
Weight 0.34 kg
Power 700 mw

TMan’xuf:«zxcturer 's specifications.

b) Lunar orbiter, Mars orbiter, and solar probe
with Jupiter assist

1) Prior to injection into interplanetary
transfer orbit from earth parking arbit.
This device, designed and developed by the Adcole Corporation of
Waltham, Massachusetts, measures two orthogonal components of the
sun's offset from the instrument reference axis in terms of two 12-bit

digital words. The total field-of-view is 64 x 64 deg for both acquisition

and fine measurement.

The digital solar aspect sensor consists of two single-axis units
in a single assembly, Each single-axis detector lead consists of a gray-
coded reticle, silicon photo cell array, and a housing. The gray-coded
reticle is a small oblong block of fused quartz with a slit centered along
the top surface and a gray-coded pattern on the bottom surface. Sunlight

passing through the slit is screened by the pattern to either illuminate
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or not illuminate the photo cells below. The outputs of the photo cells
comprise a digital word, representative of the solar aspect about one
axis. An additional photo cell is usually included, which is always "ON"
when the sun is within field-of-view of the detector head. The output of
this cell is used as an AGC signal to compensate for the photo cell output
variation as a function of solar angle. This permits accurate angular
determination of the transition between resolution elements. The char-

acteristics of the digital solar aspect sensor are defined in Table 5-III.

Table 5-1II. Digital Solar Aspect Sensor Specificationst

Model Adcole type 1402
Field-of-view 64 x 64 deg
Resolution 1/64 deg
Accuracy 2 arc min
Output Two 12-bit words
Operating temperature range -70 to 100°C
Size 1l.3x1.3x2,1 cm
Weight 0. 15 kg
Power None required
t

Manufacturer's specification.

5.3.3 Earth Sensors

The performance requirements for the earth sensors have been
based primarily upon the constraints determined by the synchronous
earth-orbit mission. The pre-injection phases of the lunar and inter-
planetary missions are assumed to have the same alignment accuracy

requirements.

In the parking orbit of the earth-synchronous mission, the half-angle
subtended by the earth is approximately 75 deg; and at synchronous
altitude, this half-angle is 8.7 deg. The present status of earth sensor
technology precludes precise determination of the vertical over this
wide angular range with one instrument. Therefore, two earth horizon
sensors are recommended, one for use in the earth parking orbit and the

other for use at synchronous altitude.
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The low-altitude earth sensor is the advanced OGO horizon tracker
developed by the Advanced Technology Division of American Standard
for the OGO spacecraft. This instrument consists of four sensors,
arranged at 90-deg intervals in yaw, utilizing linear scanning and edge-

tracking of the horizon.

The high-altitude earth sensor is the modified OGO horizon tracker,
also developed by the Advanced Technology Division of American Standard.
The scanning mechanism is the same as that used in the OGO horizon
tracker, but only two sensors are utilized, arranged at 90-deg intervals
in yaw, with linear scanning across the earth's disc in two orthogonal
planes. From the survey presented in Volume III (Part I), the selection

of these horizon sensors was based upon the following considerations:

a) For use in a nonspinning vehicle, edge-tracking,
radiance-balance, horizon-sector, and conical
scanners may be considered. The radiance
balance technique was rejected due to low accuracy.
The latter two were rejected from the standpoint
of reliability, as rotating mechanisms are required
for scan generation.

b) The edge-tracking sensor has the advantage of
utilizing a scanning mechanism utilizing flexural
pivots of high reliability.

c) The edge-tracking technique inherently has a
higher signal-to-noise ratio than the conical
scanning method. (See Appendix A.)

d) The spectral bandpass utilizing the 14- fto 16-p
CO7 absorption band provides improved defini-
tion of the infrared horizon of the earth, in
comparison to previous sensors utilizing
infrared wavelengths shorter than 14 p, in
which inaccuracies have resulted due to dis-
continuities in the infrared horizon.

The selected sensors are described in the following paragraphs.

5.3.3. 1 Low-Altitude Earth Sensor

The advanced horizon sensor system for OGO utilizes four infrared
scarch-track units to track the carth's horizon in four planes separated
in vehicle azimuth by 90 deg, as illustrated in Figure 5-3. These
search-track units, referred to as trackers, generate analog signals

representing the angular elevation of the horizon in each planc from the

128 -
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A} For Horizon

In Track Mode,
Instantaneous FOV
Dithers Across
Horizon Edge

Ve Apparent Horizon

Figure 5-3. A-OGO Horizon Edge Tracker

nominal vertical of the spacecraft. The four trackers (designated A, B,
C, and D) thus measure the angles GA, SB, GC, and GD, respectively

(as shown in Figure 5-3).

These elevation analog signals are fed to a switching matrix,
depicted in the system block diagram in Figure 5-4, where logic supplied
by the OGO spacecraft determines the appropriate position signals for
local-vertical (nadir) computation. The spacecraft logic bases this
selection, in part, on sun-presence and track-check (earth-presence)
information from each tracker. Presence of the sun in the field-of-view
of a tracker or absence of a track-check signal from any tracker will
cause the logic to omit that signal from its computations. Any three
angular output signals are then fed via the matrix to two summing ampli-
fiers, which read out vehicle attitude in terms of pitch and roll. The
system is redundant in that the outputs from any three trackers are
sufficient to provide attitude information (only two orthogonal trackers

are required if altitude is known). In the event of failure of one of the
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Figure 5-4. A-OGO Horizon Sensor System Block Diagram

three active trackers, the remaining tracker signal is then utilized to
provide continuous pitch-and-roll information. Upon command, the

fourth tracker can also be switched in if four-tracker logic is desired.

Attitude information is normally obtained from the A-OGO sensor
by performing simple analog computations with any three of the four
elevation signals. If, for example, the spacecraft is moving so that
tracker A is looking forward, then GB and GD are the horizon elevation
angles in the roll plane. Assuming that the switching matrix is in a state
that ignores the elevation signal from tracker C, then the elevation signal
from tracker A represents the horizon elevation, OA, in the pitch plane
of the spacecraft. In analog notation, the symbols BA, GB, and GD repre-

sent the horizon elevation signals from each of these three trackers.

If a reference signal, R, proportional to the radius angle of the

earth were available, the vehicle pitch would be (R - OA). The A-OGO
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system uses the mean of SB and GD to represent R. Thus, for this

particular switching-matrix state, the pitch analog signal is
Pitch = 1/2(9B + 8p) - OA-
The roll calculation requires only the horizon elevation signals

from trackers B and D. Thus, in the same switching state, the roll

analog signal is

Roll = 1/2(85 - 6)

are described below.

Electronics, The servo circuit of each tracker includes those

elements necessary to perform the search and track functions. (Refer
to Figure 5-5.) These are the telescope, the thermistor bolometer, the
signal preamplifier, the signal amplifier, the Schmitt trigger, the Positor

drive amplifier, and the Positor itself.

The servo tracking loop is intentionally made to oscillate at a con-
trolled dither frequency (20 cps) and with a controlled amplitude (2.5 deg
peak-to-peak nominal) when the earth's horizon is being tracked. This
oscillation, manifested by motion of the Positor mirror, causes the field-
of-view of the telescope to continually cross and recross the horizon.

If the horizon is centered on this oscillation of the field-of-view, the
output waveform from the signal amplifier will be symmetrical and there-
fore the zero crossings will be equally spaced in time. The Schmitt-
trigger output switches to positive or negative, according to whether the

input voltage is above or below zero; therefore, under these conditions,

the Schmitt output will be positive for the same length of time it is negative,

resulting in a zero dc component in the output. If the horizon is displaced
from the center of the oscillation, the output waveform from the signal
amplifier will be asymmetrical, resulting in unequal positive and
negative output from the Schmitt, and thus a dc component. This dc
component is amplified by the drive amplifier and drives the Positor
mirror drive coils to recenter the oscillating field-of-view on the horizon.

The dc drive thus is seen to be the error signal of a closed-loop servo.
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The drive-amplifier output voltage is fed back to the Schmitt trigger
and interlock circuits. When, during the search, the earth is located,
the tracking action discussed above takes place. If the earth is not in the
field-of-view during the search, the Positor mirror moves to its stops,
where the drive voltage reaches a level high encugh to switch the Schmitt

The Positor mirror is then returned to the space stopT, where the search

action is repeated. Search rate is 90 deg/sec, and each of the four

trackers covers a 90-deg field-of-view.

The readout circuits include the field current generator, individual
position amplifiers for each tracker, a switching matrix, and two sum-
ming amplifiers. (Refer to Figure 5-6.) The field current generator
supplies a 2461-cps current to the field coils of all the Positors inparallel;
2461 -cps voltages proportional to the Positor angular position are induced
in the drive coils. These voltages are amplified by the position amplifiers
for each tracker and then combined in the switching matrix and summing

amplifiers into redundant pitch and roll outputs.

The logic circuits are one of the major improvements of the A-OGO

sensor. Salient features are as follows:

1) A tracker will acquire only on the space-to-earth
sweep of the Positor.

2) Should a weak gradient (ghost from sun, window,
or atmospheric gradient) appear during the space-
to-earth sweep, the Schmitt will track it momen-
tarily if it is above the equivalent energy of a
blackbody temperature of approximately 165 °K.
However, the logic will then reject it and the
tracker will continue on, seeking the true earth
horizon.

3) 1If, while tracking a normal gradient, the system
drifts to a weak gradient, the logic will drive the
Positor to the space stop and reacquisition will
begin,

4) 1If the system encounters a reverse gradient in its
search, reject circuitry will continue the Positor
through the reverse gradient in search of the true
horizon,

~“An interlock is used to prevent tracking during the earth-to-.space. '
search. This design absolutely prevents acquisition of a gradient within
the earth.
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5) If some unusual gradient is detected and tracked,
logic has been incorporated that will prevent the
tracking point from following this false horizon
into earth. "Space bias™ has been introduced as
added insurance against problems experienced by
earlier wideband sensor designs. This bias refer-
ences the system to space by making the dither
slightly asymmetrical with regard to the gradient
tracking point.
Other logic circuits are the track-check circuits, which furnish
output signals indicating whether the trackers are actually tracking the
earth's horizon, and the sun-alarm circuits, which furnish a logical

output signal when the sun is being tracked.

Three special circuits are included: (1) the radiometric channel,

(2) field-coil circuitry, and (3) the voltage regulator.

A wideband amplifier, referred to as a linear signal amplifier, is
utilized to measure the level of the infrared radiation seen by the sensor
(and also to provide the sun-alarm logic). As indicated (Ref Figure 5-6)
this channel may be telemetered to the ground, where sensor input data
can be gathered for studying sensor performance and scientific informa-

tion can be provided regarding gradient uniformity within the CO2 layer.

In the original OGO sensor, the field coils of all four Positors were
in series; if any one coil failed to open, the system failed. The Positor
field coils on the A-OGO sensor have been designed in parallel to provide
the redundancy not available in the earlier system. Should any one coil
open, system performance will be affected only when the sun comes into
the field-of-view of one of the three remaining trackers (three trackers
are required unless altitude is known). Through this configuration, sys-

tem reliability has been improved significantly.

In addition to the circuits discussed above, a voltage regulator is
required to further regulate the £20-vdc vehicle power supply. This
circuit supplies £15 vdc with an output impedance of less than 1 ochm. An
added advantage of the regulator is that, because of its low-output imped-
ance, individual decoupling of many of the circuits is unnecessary, thereby

simplifying circuit design.

Optics. The optical path and optical components of the A-OGO

sensor are depicted in Figure 5-7. The pivoted Positor mirror used to
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Figure 5-7. Optical Path and Components, A-OGO Horizon Sensor System

direct the optical beam is made of beryllium. Its surface, which is
polished to an overall flatness of less than 4 fringes of Hg green light,

has a minimum reflectance of 95 percent in the 14- to 16-p bandpass.

The telescope contains a filter, an objective lens, and a thermistor bolom-

eter detector.

The A-OGO filter system consists of three elements: the Irtran-4
window, the long-wavelength bandpass filter, and the narrow-bandpass
filter. The latter two are interference-filter coatings deposited on ger-
manium substrates. The long-wavelength bandpass filter rejects the short
wavelengths of the narrow-bandpass sideband. The Irtran-4 window is
also interference-coated for antireflection at 15 p, and rejects the long

wavelengths of the 21-p narrow-bandpass sideband.

The objective lens of the telescope is a germanium meniscus lens
with an effective focal length of 19.9 mm. This lens is also antireflection-

. 2
coated and is stopped down to a clear aperture of 2.3 cm .,
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The telescope detector is a germanium hemispherically immersed
thermistor bolometer. The active bolometer-flake area is 0.1 x 0.1 mm,
but the effective area (virtual image) is 0.4 x 0. 4 mm, due to the ger-
manium hemisphere. The resulting field-of-view, when combined with the

objective lens, subtends a solid angle equal to 4.0 x 10_4 ster.,

Mechanical Configuration. The central electronic unit (CEU) pro-

vides the interface electronics to and from the OGO spacecraft and all test
points used in ground checkout of the sensor system. Also housed in the
CEU is the electronic circuitry required to drive both heads. The CEU

is 19 x 14 x 10 cm high, with four 3,2 cm circular connectors mounted

on the top surface.

A single dual-tracker head is illustrated in Figure 5-8. The cutaway
view depicts placement of the major components of the head. The configur-
ation is approximately triangular with a base of 16,5 cm, an altitude of

15 ¢cm, and a thickness of 7,4 cm. A complete system has two dual-tracker
heads.

The detailed system characteristics of the A-OGO sensor are pre-
sented on Table 5-1IV,

POSITOR

TELESCOPE &
BOLOMETER

OPTICAL N

NOMINAL

SIGNAL PLANE OF SCAN

PREAMPLIFIER

%

Figure 5-8. A-OGO Dual Tracker Head

-137-



Table 5-IV. A-OGO Horizon Sensor System SpecificationsT

Physical Characteristics

(a) Size
Tracking head (each)
Central electronic unit
Total volume (per system)
(b) Weight
Tracking head (each)
Central electronic unit
Total weight (per system)

(c) Power required

Optical Characteristics

(a) IR detector
(b) IR spectral bandpass
(c) Telescope field-of-view

Sensor OQutputs

(a) Pitch/roll

(b) Other

t e .
Manufacturer's specifications.
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1100 cm3 (2 per system)
2700 cm®

5000 cm®> (max)

2.5 kg
2.3 kg
7.6 kg

<10 w (nominal)
<12 w (max)

Immersed thermistor bolometer
14.0 to 16.0 p

1.2 deg at half-response contour

2461 -cps signal with amplitude
proportional to roll and/or pitch
attitude error

Position, sun alarm, track check,
radiance-level monitor (TM) — all
of these from each of the four
trackers.




- —_— ———— — - " —

Table 5-IV. A-OGO Horizon Sensor System Specifications'

(Continued)

Performance

(a) Tracking range (each of 4
trackers) ‘

(b) Tracking rate
(c) Operational range

(d) Altitude range

(e)AccuracyTT
Null

+10 degf-rlr

(f) Reliability (for 3 or 4 trackers
operating)

(g) Operational life

(h) Storage life

(i) Pitch and roll scale factors

(j) Position-output scale factor

(k) Noise

Environmental Levels

(a) Shock

(b) Acoustic noise

TMa.nufa,cturer' s specifications.

t

Simultaneous roll and pitch.

Excluding geometric cross-couplin
out) and errors due to horizon anomalies and earth oblateness.

T

-2 to +85 deg (min)

>15 deg/sec
30 deg (¥45 deg from nominal)

220 to 150,000 km or
90 to 110,000 km

<0.05 deg (30)

<0.10 deg (bias) + 0.05 deg (30)
0.95 for 1 year (present parts)
0.98 for 1 year (highest reliability
parts available)

21 year

3 years

0.4 v rms/deg

0.1 v rms/deg

+0. 02 deg peak-to-peak at 0. 6 Hz
bandwidth

50 g for 2. 2 ms in all axes

Not tested (design goal: SPL of
145 db overall from 51.5 to 9500 Hz)

g errors (which can be calibrated
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Table 5-IV. A-OGO Horizon Sensor System Spec:ifications‘r

(Continued)
Environmental Levels (Cont'd)
(c) Vibration
Random 20 to 2000 Hz, 0.1 g2/Hz with
roll-off at 12 db/octave above
1000 Hz for 12 min in each of three
axes
Sinusoidal At 1/2 octave/min in each of three
axes:
5 to 250 Hz 4.9 (peak)TT
250 to 400 Hz 9.1 g (peak)
400 to 3000 Hz 20.5 g (peak)
(d) Thermal vacuum (system
operating)
Vacuum Space vacuum
Temperature
Electronics -35°F T +160°F
Bolometer 0°F o 4113
(e) Acceleration 18 g in any direction for 3 min in
each of three mutually perpendicular
axes
(f) Relative humidity 95 percent R. H. at 100°F for 50 hr
(g) Fungus Uses non-nutrient parts and materials
(h) RFI Meets MIL-I-26600 paragraphs:
Conducted audio 50 to 15 kHz
Conducted RF 0.1 to 920 mHz
Radiated RF 0.1 to 920 mHz=
Meets lower frequencies as follows:
Laboratory test 1 to 50 Hz
Conducted Threshold of sus-
ceptibility 0. 3
v rms at 3 Hz

)rManufacturer's specifications,
""DA limited to 0.5 in.

Jrlr.rThrough use of heaters, system can be subjected to -60°F,
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5.3.3.2 High-Altitude Earth Sensor

The function of each earth sensor assembly (ESA) is to sense one
component of the angle between the spacecraft reference yaw axis (U axis)
and the local vertical. This information is used for attitude control and

attitude determination.

Two identical earth sensors oriented at 90-deg intervals in yaw
are used. They perform equivalent functions in parallel. They are both
mounted on the -U end of the spacecraft where they view nominally along
the -U axis as shown in Figure 5-9.

The ESA scans a small field-of-view (0. 6 by 0. 6 deg) back and forth
through an angle of #14.5 deg from the null optical axis which is aligned
with the U axis of the spacecraft. Each ESA consists of two units, the

sensor head unit and the sensor electronics unit.

GEOCENTER EARTH

SPACECRAFT-EARTH LINE

\ NULL OPTICAL AXIS
0.6 X 0.6 DEG INSTANTANEOUS N
FIELD OF VIEW 0 +14.5 DEG
\ \%
-w
\\
SPACECRAFT
14.5 DEG
w
-y
u SENSOR POINTING -~

ERROR ANGLE

GEOCENTER

w

Figure 5-9. ESA Scan Geometry

Operational Description. The ESA is an infrared electro-optical

device with a mechanical scanning element. Infrared radiation in the
13.5- to 25-p region is focused on a thermistor bolometer by a germanium

telescope. The bolometer and its associated electronics detect the
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earth's radiation when it is present in the instantaneous field-of-view.
The output of each sensor is a sequence of discrete logic pulses from

which earth pointing error can be computed.

Referring to the block diagram and waveforms of Figure 5-10, the
radiation reaches the telescope by reflection from a plane mirror, which
is caused to oscillate rotationally by an electromagnetic drive mechanism.
The mirror, its flexure spring suspension, and the drive and readout coils
comprise a unit called a Positor, The cyclic motion of the Positor causes
the field-of-view seen by the telescope to scan in the UW plane at approxi-
mately 5 cps. The scan is a sawtooth wave having constant angular rates
in both directions. It is generated by a Positor position servo loop driven

by a digital counter which counts pulses from a reference clock.

A quantized analog sawtooth wave is formed by the reversible
counter and D to A converter. This is the Positor position command, It
has an amplitude of +14.5 optical scan deg. The 4.8-kc clock rate with a

quantization of 0,05 deg produces a constant scan velocity of 240 deg/sec.

The Positor position command is summed with the demodulated
Positor position signal in the drive amplifier to form a position error
signal. The drive amplifier applies current.to the drive coil which pro-
duces torque to accelerate the positor in response to the position error
signal. Positor position feedback is obtained by sensing the modulated
reference current in the readout coil, which is subsequently amplified
and demodulated. Servo loop compensation is obtained with Positor cur-

rent feedback and a lead-lag filter in the position feedback.

As the instantaneous field-of-view is caused to scan back and forth
by the Positor, the field-of-view sweeps from cold space through the
earth's warm disc to cold space on the other side and then reverses.

This infrared energy from the earth focused on the bolometer produces
a series of electrical pulses at the bolometer output, the leading and
trailing edges of which, when properly time correlated and synchronized,

define the edges and the center of the earth.

The primary output of the sensor then, is the radiance logic signal
which is produced by amplifying, filtering, and level detecting the bolom-

eter output in the preamplifier, signal amplifier, filters, space clamp,
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Figure 5-10. ESA Block Diagram
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and threshold circuits. The radiance signal is filtered to minimize errors
due to noise and clamped to space radiance twice per scan cycle to mini-
mize errors due to long-term level shifts. The radiance threshold levels
on each side of the earth are independently regulated to minimize errors

due to unequal temperatures on opposite edges of the earth.

A discrete logic signal is produced by the zero crossing detector
when the Positor crosses through the center line of the instrument. This
signal is delayed for a time equal to the radiance signal delay, and defines
the null optical axis of the instrument. A scan direction signal is logically

derived from the reversible counter,

The radiance logic signal, zero crossing signal, and scan direction
signal together with the reference clock signal are sufficient to compute
the earth pointing error angle component being scanned. This is done by
accumulating clock pulses in a digital register during the period that the
bolometer sees the earth, and the field-of-view is to one side of the null
optical axis. Pulses are subtracted from the counter when the earth is in
view on the other side of the null optical axis. After one complete cycle,
the residual count in the digital register corresponds to four times the
pointing angle from the center of the earth's chord being scanned. This

procedure is shown in Figure 5-11.

In addition to the basic logic signals formed by the sensor for pur-
poses of error computation, several other logical checks are generated.

These indicate:

a) When the earth's chord being scanned exceeds
1.4 deg

b) When the sensor null optical axis is directed within
the earth's disc

c) When the sun is present in the field-of-view.

The first listed logic discrete is called track check and is generated
by comparing the duration of the earth radiance logic pulse to the duration
of a reference one-shot flip-flop. It is used during the acquisition
sequence to prevent an attempt to acquire the edge of the earth. The
second logic signal is called carth check. It is formed by noting that the

sensor null optical axis is crossed by the Positor scan while the earth
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Figure 5-11. Pointing Angle Calculation

signal is present and track check is true. The third logic .output deter-
mines, by means of an intensity threshold, that the sun is being viewed by
the bolometer. It is called the sun alarm. The sun alarm is used to
prevent control action based on error signals obtained when the sun is

present,

The ESA's are powered by +4.0, +12.0, -6.0, and 30 v from dc
converters. In addition, bus power is applied to both of ESA's heaters.
Converter power is only supplied to one ESA at a time. Both are turned
off when the ACS power is turned off, but heater power from the bus is
always present. Thermostatically controlled 2-w heaters in each ESA
prevent the unit temperature from falling to levels which may result in
bolometer damage. They turn full on at temperatures below +20°F. A
thermistor temperature sensor for telemetry is situated at the back of the

telescope of each ESA.
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The flexure springs supporting the Positor mirror of the ESA are
designed for long life and low scanning drive power and can be damaged by
harsh treatment. They are mechanically resonant with very little inherent
damping and, as such, must be protected from severe vibration levels,

The Positorsare protected from the otherwise dangerous vibration environ-
ments of the boost and injection phases by electrical caging devices in

each unit. These are merely semiconductor switches which short circuit
the drive windings of the Positors, providing damping due to back emf as

in a galvanometer. The short circuit is closed when ESA power is off and

open when power is turned on.

Design. The ESA spectral passband includes the 14- to 16-p Co,
absorption band which is generally considered the most stable spectral
region for an earth sensor. However, because of the relatively low amount
of radiant power available to the sensor in this spectral region, the energy
from 16 u to the cutoff wavelength determined by the lens material is also
utilized. This results in a less uniform earth radiance but considerably

more signal out of the ESA,

The telescope consists of a germanium lens and a bolometer im-
mersed in a hemispherical germanium lens. The telescope barrel is
aluminum with the lens bonded in with epoxy. The germanium lens is
coated with a multilayer interference filter designed to provide a trans-
mission cuton wavelength of 13.5 u. The transmission of the germanium
in the lens and in the bolometer immersion lens determines the long
wavelength cutoff of the telescope. Figure 5-12 is a typical transmission
versus wavelength curve for the lens. Figure 5-13 shows the relative
response in the 14- to 16-p region. The bolometer peak responsivity is
specified to be greater than 235 v/w incident on the bolometer. By multi-
plying the ordinate of Figure 5-13 by this responsivity, the spectral
response of the telescope and bolometer combination can be obtained. The

optical parameters of the telescope are given below:

Instantaneous field-of-view 0.6 by 0.6 deg
Optical speed £/0.318

Aperture 5.07 cm diameter
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Focal length 3.98 cm

Bolometer flake size 0.01 by 0.01 cm

The Positor is an electromechanical device for rotation of a mirror
and readout of its angular position with no bearings or sliding surfaces.
The Positor was initially developed by the Advanced Technology Division
of American Standard (ATD) for the OGO horizon scanner. The Positor
structure is shown in Figure 5-14, and a schematic diagram is shown in

Figure 5-15,

The mirror is connected to the rotor of a permanent magnet torquer.
Two coils which are free to rotate in a cylindrical air gap are also con-
nected to the rotor and form the drive coils which are connected in series.
A pair of flexure pivots are used to connect the rotor to the base structure.
Electrical connection to the rotor is made through the flex-springs. A
current through the drive coils causes a torque which rotates the rotor
against the constraint of the flex-springs. A high frequency (4.8 kc)
carrier is added to the drive signal which results in an ac flux field linking
the drive coils and the readout coil, A suppressed carrier, amplitude
modulated voltage output is developed in the readout coil, the amplitude of
which is linearly proportional to the rotor rotation from its null position

and the phase indicates the rotational direction.

ROTOR MIRROR FLEXURE PIVOTS ROTOR

COiL

LAMINATED IRON

< N ‘ CYLINDRICAL
AC REFERENCE ' [ -
con , AIR GAP

AC REFERENCE

BASE STRUCTURE coIL

ELECTRICAL
CONNECTION
TO ROTOR
COIlL

PERMANENT
MAGNET

Figure 5-14. ATD Positor
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Figure 5-15. Positor Schematic Diagram

The armature and mirror moment of inertia and flexure spring con-
stant produce a Positor resonant frequency of 16 to 18 cps. Oscillations
are damped by currents induced by armature motion. The Positor charac-
teristics are

Positor mechanical damping 2 x 10'7 r;t;’ns

Positor spring constant 9.8 x yo-3 ntm
rad
. . . -7 2
Positor moment of inertia 7.7x 10  kgm
Positor torque constant 6 x 10 2 Btm
amp

Armature copper resistance 68 ohms
Armature inductance 13 mh

Feedback gain constant 12.3 ;—;%
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The detailed characterisitcs of the MOGO sensor are presented in

Table 5-V.

+
Table 5-V. MOGO Horizon Sensor System Specifications'

Parameter

MOGO
(single axis)

Altitude range

Total error

Operational range
Linear range
Alignment error
Output noise
Scale factor

Accuracy (at large pitch
and roll angles)

Type

Scan angle

System time constant
Scan frequency
Dither frequency

Optics field-of-view
(instantaneous)

IR detector

Synchronous to 130, 000 km

Total: 0.06 deg - (0.04 deg for 30

noise, including
anomalies)

(0.02 deg for gradient, scale factor,
and alignment)

(over entire £2.5 deg range; 93, 000 km
altitude)

4.5 deg (for 9 deg earth)

+2.5 deg

+0.01 deg

0.013 deg rms

Digital output (0.003125 deg per bit for
19. 2 kc clock)

Not specified beyond 2.5 deg

Chord scanner

29 deg total

208 ms

4.8 cps (240 deg/sec)

Not applicable

0.5 deg (to half-power points)

Ge- immersed thermistor bolometer
(mylar-backed)

"™Manufacturer's specifications
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Table 5-V. MOGO Horizon Sensor System Specifications (Continued)

Parameter

MCGO
(single axis)

IR bandwidth

Earth acquisition signal
(track check)

Redundant

Power

Size

Weight

Operating lifetime
Storage life

Reliability

Shock

Acoustic noise

Vibration

Temperaturc

13.5 to 22 p (germanium roll-off);
(half of power in 14-16 p band)

Yes

No

2.5 w (no heater)
0 to 2 w (for heater from +20 deg to
-45 deg F)

3300 cm>

2.9 kg

18 months in orbit
> 1 year

0.902 (for 18 months)
0.990 (for 18 months with parallel
redundancy)

80 +8 g for minimum duration of
6 £ 0.5 ms (sawtooth)

See random vibration

a) Random: (3 axes)
20-300 cps - 0.03 gzlcgs
300-2,000 cps - 0.12 g&/cps
Minimum duration - 17 min/axis

b) Sinusoidal: (3 axes)
5 - 300 cps - 3.5 g rms
300 - 2,000 cps - 5.0 g rms
(random and sinusoidal applied
simultaneously)

Operating: -45 deg to +120 deg F
Nonoperating: -45 deg to +140 deg F
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5.3.4 Canopus Trackers

The Canopus tracker which is recommended for the lunar orbiter
mission is the instrument developed by ITT Federal Laboratories for the

lunar orbiter program, with a specified accuracy of 50 arc sec rms.

Two other instruments were also considered, based upon the survey
conducted in Ref 5-1, The first was the instrument developed by NASA-
JPL and the Barnes Engineering Co., for use in the Mariner programs,
with a specified accuracy of + 0.1 deg. Although the performance of
this instrument has been proven in the Mariner program, the ITT in-

strument is preferred from the standpoint of higher accuracy.

The second instrument considered was the Canopus tracker de-
veloped by Hughes Aircraft Co. (Santa Barbara Research Corporation)
for the Surveyor program. A detailed description of this equipment is
contained in Ref 5-2, Although this instrument has been successfully em-
ployed in the Surveyor program, the ITT Federal Laboratories tracker is
preferred, primarily from the standpoint of reliability, and secondly
from the standpoint of higher accuracy. The SBRC instrument uses
several mechanisms which may be objectionable from the standpoint of
long lifetime, i.e., a single-axis cam-driven scanning mirror, and a
rotating reticle for modulation of the incident star radiation. The speci-

fied accuracy of the SBRC instrument is 6 arc min.

For the interplanetary missions, where computer simulation of the
mission has indicated the requirement for very high accuracy, develop-
ment of an instrument with higher accuracy than that available in currently
available equipment is recommended. Specifications for the recommended

instrument are defined in this section.

5.3.4.1 Canopus Tracker for Lunar Orbit

For the lunar orbiter mission, the ITT Federal Laboratories lunar
orbiter Canopus tracker is recommended. Detailed engineering design
data is considered proprietary by the manufacturer. However, a brief

description and summary specification follows,

The tracker is contained in a single package, consisting of optics,
an ITT FW 143 multiplier phototube detector, and electronics. The

electronics comprise signal detection circuits, scanning logic, deflection
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circuits, and power supplies.

The tracker provides an analog output

signal which is proportional to the angular displacement of the line of

sight to Canopus about one axis.

A simplified block diagram is illustrated in Figure 5-16,

The star

image is focused by the optical system on the photocathode of the ITT

FW 143 multiplier phototube, an image dissector,

The optical radiation

incident on the photocathode causes emission of photoelectrons, which

are then accelerated within the image section of the photomultiplier toward

an electrode at higher potential at the opposite end of the image section.

This electrode contains a narrow slit which permits acceptance of only a

portion of the electron image from the photocathode, thus defining the

instantaneous field-of-view.

By application of scanning waveforms to a

magnetic deflection coil around the image section, the electron image

may be made to scan across the narrow slit in the electrode, thus provid-

ing spatial modulation of the electronic star image.

When the electrons

pass across the slit aperture, amplification of this current is accom-

plished by a series of multiplier dynodes.

The amplified signal pulse,

collected by the anode of the photomultiplier tube, comprises the star

signal,

OoPTIC

DEFLECTION
COiL

ROLL

Figure 5-16,

MULTIPLIER [} = SIGNAL ROLL AXIS | g AXIS
PHOTOTUBE [®] AMPLIFIER DEMODULATOR| ™ ERROR
f SIGNAL
HIGH
ROLL AXIS SIGNAL STAR
VoSInGE SWEEP | AMPLITUDE | PRESENCE
SUPPLY GENERATOR DETECTOR SIGNAL

Simplified Functional Diagram

ITT Federal Laboratories' Canopus Sensor

Scanning is performed on one axis only, orthogonal to the direction

of the slit in the accelerating electrode of the image section, which cor-

responds to the roll axis of the spacecraft.
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axis (along the slit of the accelerating electrode) is sufficiently large to
accommodate the apparent change in the position of Canopus during the
mission. In addition, provision is made for prelaunch mechanical adjust-
ment of the instrument along the yaw axis to accommodate the position of
Canopus for a specific launch date. Specifications and physical character-

istics of the ITT instrument are given in Table 5-VI.

Table 5-VI. ITT Canopus Tracker Specifications*

Stellar sensitivity (as set by -1.92 t0 0. 08 m
threshold gates)

Total FOV 8.2 x16 deg
Instantaneous FOV 1 x16 deg

Null stability 50 arc sec rms
Equivalent angular noise 15 arc sec rms
Error bandwidth 10 cps

Error gradient (over 2 deg) 1 v/deg

Optics 20 mm /1.0
Signal-to-noise 24 at 0.1 deg
TM outputs (1) Canopus recognition

(2) Star magnitude
Power input 3.1 w at 21 vdc

4.95 w at 31 vdc

Weight 3.2 kg
Size 10 x 14 x 30,5 cm
Environment Space qualified

T™™anufacturer's specifications.

Axis of control
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5.3.4.2 Canopus Tracker for Mars Mission

Results of computer simulation for advanced Mars orbiter missions
have determined that the precise approach guidance may be obtained
through utilization of an approach guidance sensor in conjunction with a
fine sun sensor and Canopus tracker. A high degree of accuracy is
required in all three sensors. The accuracy of the Canopus tracker is
beyond that of state-of-the-art equipment. The composite error due to
bias calibration, bias stability, and alignment must be in the order of

0.5 arc min.

For purposes of comparison, the physical and performance specifica-
tions of the Mariner IV and Lunar Orbiter Canopus sensors are compared
to the specifications for the proposed Voyager Canopus sensor in Table
5-VIIL

The primary reason for not considering either the Mariner or Lunar
Orbiter Canopus sensors for use in the approach guidance phase of the
advanced Mars mission is that of inadequate accuracy (6 arc min and

50 arc sec, respectively).

In considering improvements which can be made to obtain increased
accuracy, as well as increasing performance and producibility, the follow-
ing are apparent (although other instrumentation approaches may even

prove superior):

a) The use of a refractive optical system (in comparison
to the wide-angle Cassegrain used in the Mariner
instrument) will give improved optical image resolution.

b) The use of the recently developed high-resolution ITT
F4012 vidissector will have the following advantages over
the CBS CL1147 and ITT FW143 image dissectors:

1) The use of a flat photocathode simplifies the
design of the optical system eliminating the
use of corrector elements, improving optical
resolution.

2) No fiber-optic faceplate is required (as in the
CBS CL1147 Reconnatron), resulting in in-
creased producibility and reduced cost of the
detector.

3) The ITT FW 143 has extreme off-axis pin-
cushion distortion, defocusing of the electron

-156-




Ja4nys uns 1oy m Z snjd m g OPA E P M GE Y OPALZ IO M g (A0} “m 7| RMo4 41
(urgL xgxy) urgroex Lzl xZ 01 (UrZL x g g xy) WIS 0L X 0¥l XZ°0L w>oez XLzl xzrol wnoA gl
@9) b1 sz @ o8ze brecz M /L
PIOYSa44 D14 0001 — pe4inbey P1oysaiyt 3-14 001 — Josuas 50D
Josuas aA1aNpuo040yy
sa14140nBa.11y 9Bpe Ploysaays D~ 14 0001 — J0suds SpD uoliddjol ung ‘9|
juewub)jo ‘A4111G0ss pup oKD 1|Od sbig pup jueuwub|p eingado puo * q°| juswubifp yoau/uonosusdwes ‘Ajiioeuljucu uoya|jeq #2.n0g Jou3 Jolow
(c@s-210 1 3) ¥00°0F s9ds joN %ds JoN JusuniBy)y
(o9s-310 47 7) 0800°0%F 23ds joN s8dg joN soig
owBis-) swi (995-240 () o£00°0 d9eds joN dedg joN asioN
(s1x0-y30 p) SIXY-40
(995-310 ¢\ %) $00°0F s8ds JoN 23dg JoN juawubyy
(295-24D 47 F) owoo.Ou (A41]190145) swa 595 2.0 OG (uiw 210 9) 510 so1g
owbBis-| swa (395-340 Q| o£00°0 sui 998 2D G| Ad~Ad (uiw 20 68°9) JSLL0 as10N
1N VY
! Aspunday ‘Gt
I Bap |0 40 pZ ION o} joubis  p|
Bap/op A g Bap/a | Bap/n g ()1nu 4p) Juatpoig) Jou3 ‘g
235/51°0 2ads joN 33/5911°0 210§ uoysinboy  “ 7|
(s1xp j|od) 295 §° (> (s1x0 |jod) 298 2" (s1xp jj0J) 235 ¢* Jupgsuo) awny ||
ZHO'L [ ZH GSL'0 ZH ZIE'0 Yipimpung J1uond3)3 "0}
ol ¥ 9% aBupy Joau1y ‘4
*Bow sndoun) xp puo y/| usaIMIdg | wgo'o+oizé - 5870+ (P1oysaayy)
| Bow 9"+ 01 4z~ Aianisueg Jojjaig  °g
sjudWaIdu| pawwpiBosd (wnwyxow) X1 “ auoN (o3 oo:vv $jUBWSIdU) |DUOdO £ puUD pawwniBoid ¢ Y2414
ZHx | 40 o[nBuDLy 6T F | sK1q 9P + ZH 008 0 10|nBudk G| F ZH | 40 |plosnuls 7+ (204) (|04
ZH 0T %4 0L 0 ovu ZH | 4o 1o|nBuby ol ¥ ZHA | 4D |Pplosnuls 74 (y24oes) |joy
Bujuugog "/
21uold3|3 MOPUIM YOUND| JOy Judwisnipp |DoJUDYdPW J1uon2e|3 Bujjoquio 9
(suo2) oI X (1109 o1 (su02) 8L X 1109) ol (su02) oll X (1199) o58°0 $POSUDIIBISU|
o0F _. o8l o€ (10404} Yoi1d
] (uoygsinban wyo 93 7°8 o (|0404) 108
MBIA 4O PIBLY JuewnIY]  °G
wo 90 X ¥40°0 wd gey 0 X #2070 uLo9L 0> ZLoto suoisuswi( sinuedy
L-s 0Z-S 1-s osuochey |oudeds
10428851PIA ZI0Y M3 L1I se|diyjnwotoyd gy M4 2941 111 doydessiq eBow| sy | 1D #d4) $gD lopapeg ¥
0" /3 wwgz 0°1/4 wwog 0°'1/4 9°0/3 “I'3u1g0
SANODIRY JOJ91I0D + SJUIUR B £ — DALODIRY 1PIWYS uioiBasso)) pijos-1wag wesdS |oo4d0 ¢
(4#96DA0A) 1241910 sioW RGO Joun Al Joupion uvoyooyjddy "7
se1i00s0q0] |DPR ] 1] Auodwo)) BuriseuiBul saulng/ Wl — YSYN minpoonuow |
(NDI1S30 MAN)
JOSN3IS SNdONVD Al ¥INIYWYW wili

YOSNIS SNdONVDI ADVINDIV HOIH

YOSNIS SNdONVD ¥3LIGUO JYNNT

saosuag sndoue) pasodoid pue Arerodwejuon — suoryesiyroadg

‘IIA-SG 919el

-157-



image, and shading due to reduced collection
efficiency. The ITT F4012 is extremely
linear and resolution is maintained over the
entire photocathode area.

4) Photocathode sensitivity, more uniform than
either the CBS CL1147 and the ITT FW143,
will permit more precise photometric calibra-
tion of the sensor.
One disadvantage, however, is that the ITT 4012 vidissector utilizes
magnetic focus and deflection, requiring an addition 1.7 w of power above

that required by the CL1147 Reconnatron.

A complete preliminary design is not defined, as the electronic cir-
cuit design approach is not unique, and would be similar to that of the
Mariner and Lunar orbiter instruments. However, particular features
which are recommended in the design are:

a) Utilization of a low-frequency search scan over a field

of +4 deg in roll, upon which a high frequency scan of
#1.5 deg is superimposed for star acquisition.

b) After star acquisition tracking may be maintained over
a field of 4 deg.

c) Programmed increments of cone angle adjustment
during the course of the mission, accomplished by
application of a dc bias to the imaging section of the
vidissector.

A proposed specification for the Voyager Canopus sensor is defined
in Table 5-VII, with a number of the specified parameters resulting from
previous studies of the Voyager spacecraft configuration by TRW Systems
for the NASA Jet Propulsion Laboratory. The accuracy requirements,
however, have been developed in this study as a result of computer simula-
tion of advanced Mars orbiter missions. The accuracy requirements are
particularly stringent, and as defined in Paragraph 3. 2.4 for the proposed
planctary approach sensor, will require particular attention to the follow-
ing:

a) Measurement and calibration of nonlinearities in the

image tube angular deflection versus deflection current
transfer function.

b) Consideration of the effects of component aging and
the resultant changes in bias level throughout the
course of the mission.
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c) Consideration of the effects of spacecraft thermal
stress, which may result in changes in bias level
throughout the course of the mission.

d) Precision in initial alignment of the sensor reference
axis with respect to the spacecraft coordinate system,
requiring very small angular tolerances in both
mechanical alignment and optical simulation equipment.

5.3.5 Planet Approach Sensor

Results of computer simulation of the Mars mission have determined
that the accuracy of approach guidance may be improved over that obtain-

ance by the use of an optical planetary approach
sensor, providing that the approach sensor has the capability of determin-
ing the relative angular position of the geometrical centroid of the planet

to an accuracy of one arc min. This accuracy will be determined pri-

marily by bias errors and long-term stability of the sensor.

In this section, the preliminary design concept of a planetary ap-
proach sensor is defined, which in addition to having the capability of
determining the clock and cone angle to the geometrical centroid of the
planet, also has the capability of measuring the apparent angular subtense

of the planet, permitting stadimetric ranging.

A high-resolution, electronically scanned image tube is chosen as
the radiation sensor, primarily from the standpoint of reliability, per-
mitting electronic gimbaling in clock and cone angle during planetary
approach. This type of design has been selected in preference to the
more conventional alternative approach, that of using a single-element

point detector with mechanical scanning and gimbaling.

The configuration selected utilizes both deflection voltages and
error signals in digital form, from which clock angle, cone angle, and
apparent planetary angular subtense may be computed with high precision.
(See Paragraph 3.3.2.) This computation can either be computed on
board the spacecraft by the guidance system computer, or may be telem-

etered to earth for use in ground-data processing.
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5.3.5.1 Optical Field-of-View Requirements

Utilizing the trajectory selected for the Mars mission in this study,
the variations in clock and cone angle to the planet centroid during
planetary approach have been determined, as well as the variation in
apparent angular subtense of the planet. The planet approach sensor
would be used during the approach phase from approximately ten days to
one-half day before encounter. The variations in clock angle, cone angle,
and apparent angular subtense of the planet over this time interval are
indicated in Figure 5-17. Using these values as nominal, the optical
total field-of-view required for the approach sensor will be 13 x 13 deg,
centered at a clock angle of 263 deg and a cone angle of 127 deg. In
order to permit reasonable variations in vehicle attitude, a slightly large

field-of-view has been selected, 15 x 15 deg.

5. 3.5.2 Planetary Radiance, Luminance, and Detector Selection

The selection of a suitable detector for utilization in the planet
approach sensor is based upon two considerations: (1) the radiance and
luminance characteristics of the planet Mars, and (2) the corresponding
types of detectors which are available for sensing this radiation.

Studies previously performed by TRW Systems (Ref 5-3) have determined
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that two ranges in the infrared range of the spectrum may be considered
for use in determining the local vertical to the planet Mars. Due to the

extremely high concentration of CO, in the Martian atmosphere, one

range which may be considered is tﬁe CO2 absorption band centered at

15 p. However, the precise range of the temperature variations in the
atmospheric structure and the corresponding variations in atmospheric
radiance are not well defined at this time, preventing estimation of the
variations in the effective apparent height of the atmosphere in the infrared
range. For this reason, it is not recommended that this spectral range

be considered for use at this time. The more suitable spectral range in

the infrared spectrum is that at wavelengths longer than 20 u, where

radiance from the planetary disc may be observed.

Considering the available detectors, thermistor bolometers would
be the most suitable for use in this spectral range, based upon extensive
experience which has been gained by utilization in earth-horizon sensors.
However, inasmuch as these devices are single-element or "point"
detectors, scanning and pointing must be accomplished by using mechani-
cal devices with either flexure pivots or rotating bearings. Unfortunately,
no suitable infrared image tubes are suitable for use in this spectral

range, based upon considerations of both detectivity and reliability.

With the recommended configuration of the approach sensor being
based upon the use of an electronically scanned and electronically gimbaled
image tube, the near-visual range of the spectrum must be utilized, as
numerous imaging sensors of adequate sensitivity and reliability are

available for use in this spectral range.

Two types of image tubes have been considered — photoelectric
image dissectors and vidicons, both of which are currently in use in
various satellite and spacecraft programs. Several tradeoffs in perform-
ance are immediately apparent. The vidicon sensors have the distinct
advantage of high sensitivity, due to the integrating characteristics of the
photoconductive target, permitting storage of the radiation-induced elec-
tronic pattern of photoelectrons. This permits extremely short exposure
times of the target in the order of a few milliseconds, followed by slow-

scan readout of the raster to determine the apparent position of the planet.
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This feature would be of considerable value in preventing distortion of

the image of the planet during the exposure interval in the presence of
random spacecraft motion within the range of the limit cycle of the control
system. A second advantage is that of the very high signal-to-noise ratio
resulting from the integrating characteristics of the photoconductive
target. A disadvantage, however, is the lower level of reliability of a
vidicon sensor, compared to that of an image dissector. The primary
failure mode of vidicons is wear-out of the thermionic filament. This
problem is not present in image dissectors which do not utilize an
electron gun. Although data from the Tiros program has indicated that

an MTBF of approximately 1 year may be anticipated from vidicons in
continuous operation in a space environment (Ref 5-4), data obtained
from a manufacturer of image dissector tubes has indicated a considerably
higher MTBF for this type of detector. Data obtained from the ITT
Industrial Laboratories, based upon information utilization of approxi-
mately 400 image dissectors with a total accumulated operating time of
400,000 hr, have determined that only one failure has been reported.
These data were accumulated under conditions of aging, burn-in, shock,
vibration, high and low temperatures, and exposure to controlled levels
of light. Based upon this data, the estimate of the failure rate is one

failure per 400,000 hr. Shelf life is in excess 0of5 years.

Primarily from the standpoint of reliability, the image dissector
has been selected for utilization in the approach sensor. A second advan-
tage is that of simplicity in subsystem design; since continuous scanning
may be utilized, in contrast to the expose-readout-neutralize cycle which
would be employed with a vidicon. Although the image dissector requires
utilization of a longer exposure interval (frame time) in order to obtain
an adequate signal-to-noise ratio, the amount of spacecraft motion during
a frame time has been found to be extremely small, resulting in negligible
distortion of the observed optical image. An analysis of signal-to-noise
ratio, based upon the mean value of luminance of Mars and the anticipated
sensor resolution, scanning rates, and detection bandwidth, has deter-

mined that performance will be adequate for this application.
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A detailed calculation of the signal-to-noise ratio of the recommended
planetary approach subsystem is contained in Subsection 5.4, and antici-

pated performance is summarized in Paragraph 5.3.5.4.

The type of image dissector which has been selected for use in this
subsystem is the type 4011 vidissector, a high resolution image dissector
recently developed by the ITT Federal Laboratories. Figure 5-18 illus-
trates the resolution which has been obtained with this sensor, utilizing
dynamic focusing. Although both electromagnetic focusing and deflection
are utilized, the power consumption of the tube is only 1.5 w. This dis-
sector is available with several types of photocathodes: S-20, S-11, and
S-1, Although the S-20 is the most sensitive, this surface has a limitation
in allowable photocathode current density of 1 pamp/cmz, based upon
fatigue considerations. The S-11 photosurface has been selected, having
a higher photocathode current density limitation of 10 pamp/cmz, permit-
ting the use of an optical system of lower f-number, and resulting in a
higher signal-to-noise ratio. The S-1 photosurface was not considered

due to its inherently low absolute sensitivity.

5.3.5.3 Subsystem Mechanization

During the approach phase, the planet Mars will normally appear as
an illuminated crescent in the visible range of the spectrum. Within the
optical field-of-view of 15 x 15 deg, the image of the planet, varying in
apparent diameter from 0.1 to 2. 5 deg, will be focused on the image
dissector photocathode. Rectilinear sweep voltages will be generated in
digital form, using a 1000-line raster. Referring to Figure 5-19, both
the apparent angular offset (xc, yc) of the geometrical center and the
apparent angular radius (r) of the planet image may be determined by
solution of the following equation, defining the location of the points on

the periphery of a circle offset from the origin of the coordinate system:

2

2 2
(xi - xC) - (Yi -y

c):r

As the image of the planet is scanned, the signal waveform is differ-

entiated (Figure 5-19). The resultant signal is then processed by an
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Figure 5-19. Planet Scanning Technique
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amplitude detector, the output of which enables gates, and thus permits
measurement of the outputs of counters defining the values of the sweep

voltages at the instant that the edge of the planet image is scanned.

Two measurements of x, and Yy will enable solution of the above
equation to determine the coordinates of the geometric center of the
planet image, if the value of apparent angular radius, r, is known. If
the value of the radius is not known, three sets of data points will enable
solution of the equation for the coordinates of the geometric center, x,
and y;» 2as well as the apparent angular radius, r. The accuracy of the
computation can be improved by sequential processing of a number of
data points from successive scans, The accuracy and noise levels which

may be anticipated are defined in Subsection 5. 4.

Optical System. A suitable optical system for the planetary ap-

proach sensor would be the Farrand Super Farron refracting optic, with
a speed of f-0. 87 and t-1.0, a focal length of 76 mm, and with resolution
of 100 lmeon-axis and 50 lpm off-axis. Using a 15 x 15 deg field-of-
view, the size of the field on the photocathode of the ITT 4011 vidissector

would be 13 cm3.

Electronic Configuration. The function diagram of the proposed

planet approach sensor is illustrated in Figure 5-20, and the scanning

waveforms are defined in Figure 5-21.

Signal Amplification and Detection Circuits. The signal amplifica-

tion and detection circuits consist of a preamplifier, high-frequency
compensation network, signal amplification and passband filters, auto-

matic threshold control, and amplitude detector.

The signal from the vidissector is amplified by a preamplifier,
followed by a high-frequency compensation network. With a vidissector
load resistor of approximately one megohm, the frequency response at
the output of the vidissector would normally be in the order of 5 kHz.

The high-frequency compensation network accentuates the higher frequen-
cies, providing an overall signal bandwidth of 62.5 kHz. The automatic
threshold control network provides a bias to the amplitude detector pro-

portional to the luminance of the planet image, enabling detection of the

1-

Lines per millimeter,
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CLOCK
FREQUENCY pigipgepipSpipg N 66.526 kHz

HORIZONAL /\/\
SWEEP 128 Hz

VOLTAGE

VERTICAL 0.125 Hz
SWEEP
VOLTAGE
1024 LINES,
RASTER 8 SECONDS
FRAME PERIOD

Figure 5-21. Planet Approach Sensor Scanning Waveforms

differentiated signal at approximately 1/3 of the peak signal amplitude,
thus minimizing the error of detection of the location of planetary edge
with variations in planet luminance. Both positive and negative amplitude
detection would be provided, depending upon the direction of x-axis scan-

ning voltage, as determined by the horizontal control circuit.

Deflection and Auxiliary Circuits. A high-voltage supply circuit

would be utilized to supply -2400 v to the vidissector, and the intermediate
voltages for the drift tube element and dynodes. A focus regulator would
provide constant current, compensating for variations in temperature of

the focus coil.

Assuming a scanning period of 8 sec, the reference for generation
of sweep voltages would be high-frequency clock operating at a frequency
of 66.526 kHz. The 10-stage horizontal counter, in conjunction with an
integrator, would provide a triangular horizontal sweep voltage at a fre-
quency of 128 Hz. The output of the 10-stage vertical counter, driven by
the horizontal counter, would be accumulated in a register and then con-

verted to a staircase waveform by a digital-to-analog converter, providing
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a vertical sweep voltage at the frequency of 0.125 Hz. The combination
of horizontal and vertical sweep voltages would then provide a raster of
1024 lines per frame. The horizontal counter would be reset at the end of

each line by the horizontal control circuit, and the vertical counter would

be reset at the end of each frame by the vertical control circuit.

Determination of the horizontal and vertical location of the planetary
edge would be determined by gating the output of the horizontal and ver-
tical register with the gating pulse from the amplitude detector at the
instant of scanning the planetary edge. These binary numbers would be
compared in the digital comparator circuits to a reference binary num-
ber corresponding to the center of the raster (optical axis) in x and v
coordinates. The outputs of the two comparator circuits would comprise
the error signals in binary form. One additional signal, indicating the
sign of the horizontal error signal, would be provided by the horizontal
control circuit, accommodating the bidirectional scanning of the horizontal

waveform.

5.3.5.4 Proposed Specification

A proposed specification for the planet approach sensors is defined
in Table 5-VIII. This specification should be considered as a design
objective. Discussion of the specified values of noise, bias, and align-

ment_errors is contained in Section 4.
5.4 SENSOR ERROR MODELS

The purpose of this section is to specify the error contributions
expected from the electro-optical sensors chosen for use in the Radio/
Optical/Inertial Guidance Study. This information was generated for use
in the digital computer guidance simulations perfomed during the study.
The section contains sensor performance data, a discussion of the inter-
pretation of the data, justification for the figures quoted, and a discussion
of means for achieving performance improvments needed as indicated by
the results of the guidance simulations. The performance data relate
only to instrument errors and do not include attitude computation errors,

spacecraft flexure stress relative to the sensor, etc.
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Table 5-VIII. Proposed Specification — Mars Approach Sensor

Function:

The planetary approach sensor will be used for approach

guidance of an unmanned spacecraft to the planet Mars.
The sensor will scan the optical image of the planet and
will provide information defining the relative angular
displacement of multiple points on the planetary limb
with respect to the spacecraft coordinate system. From
these data, the relative angular displacement of the geo-
metric center and apparent angular subtense of the planet
will be determined by the spacecraft guidance computer.

Specifications:

Acquisition field of view

Variation in apparent
angular subtense of planet

Variation in clock angle
Variation in cone angle

Gimbaling of clock and
cone angles

Mode of scanning

Optical system

Detector

Scan pattern

Scanning rate

Form of output signals

Equivalent angular noise
At null
Off axis

Fixed bias error

Long-term bias error
(long-term stability)

15 x 15 deg

From 0.1 to 2.5 deg

11 deg

8 deg

Electronic
Continuous

Farrand Super Farron
76 mm/£-0.87/t-1.0

ITT type 4011 1-1/2 in. Vidissector

Rectilinear raster, 1024 lines per
frame, noninterlaced

8 sec per field
Digital, binary; one 10-bit word on

each of two axes defining points on
the planet limb

10 arc sec rms (10)
10 arc sec rms (10)

10 arc sec (1o) (assumes calibration
of repeatable nonlinearity)

10 arc sec (10)
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Table 5-VIII. Proposed Specification — Mars Approach Sensor
(Continued)

Specifications (Continued):

Alignment Provision for alignment of optical
axis with respect to mounting sur-
faces to an accuracy of 10 arc sec.

Weight 3.2 kg

Volume 12 x 12 x 30 cm

Power 8w

Environment Qualified for operation in 'space

environment. Specific environmental
levels to be determined.

5.4.1 Sensor Performance Summary

Table 5-IX is a list of all optical sensors chosen for the various
strapdown guidance system configurations and a specification of the errors
which they may be expected to contribute. The instruments listed have
previously been described in detail and rationale has been provided for their

selection.

The figures quoted in the accuracy column of Table 5-IX represent the
uncertainty in a given optical measurement made by the particular sensors.
As stated previously, this uncertainty does not include the effect of com-
putational approximations except for the earth sensors; nor, does it include
uncertainties in apparent target location, i.e., due to velocity aberration,
parallax, et.c. The quoted figure includes errors in alignment of the sen-

sor to a stable, plane mounting surface.

The interpretation of the error magnitude tabulated may be best
described by an idealized experiment. Assume that an ideal mounting
surface is placed on a dividing table and precisely aligned and leveled
relative to an exactly realistic target simulator. Further assume that the
sensor is mounted, aligned as it would be in the operational case and a
large number of target position readings taken at a known target angle 80.

The judgement of what comprises a large number of readings is part of the
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test planning, and the number will be assumed to be sufficient to produce
an accurate sample mean measured angle Em The quantity termed bias

is then A6, where:

AB =0 -0
m (o]

The quantity labeled noise is defined in terms of the standard deviation of
the set of measured angles from the sample mean. The computation of

this parameter is done by means of the following equation, i.e., sample

variance.
N
o=t v g2 Ng 2
N-1 %2, 7i m -
i=1
where
Oi = a single target angle measurement
N = total number of measurements

In the ideal experiment, and throughout this document, the power spectrum
of the noise is assumed to be uniform prior to the bandwidth limiting
filter.

The noise and bias are obviously functions of the sensor environment,
notably of temperature; and the figures quoted in the tables correspond to
realistic extremes for orbtial environments. It is assumed that the com-
ponent of bias which is stationary over the mission period and measurable
by means similar to those described above prior to launch, will be com-

pensated for in data processing.

5.4.2 Derivation of Sensor Accuracy

5.4.2.1 Sun Sensors

Coarse Sun Sensor. The candidate coarse sun sensor is that which

has been proposed by TRW for the Voyager spacecraft. This sensor con-
sists of two units, one for each sensitive axis. The sensor unit is composed
of two solar cells, mounted back-to-back, each immersed in a plano-
convex lens. The two solar cells are connected across a low resistance
with opposing polarity. The sensor provides a sun present signal over the

entire 4-7 ster field. The signal polarity indicates in which hemisphere
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the sun is located; and near the null plane the signal amplitude is

linearly proportional to the sun's angular displacement. Laboratory
experience with this device indicates that a null stability of between one-
half and one deg may be attained, depending upon the thermal and geo-
metric characteristics of the mounting structure. The linearity of the
signal output is within 10 percent in the region +20 deg from the null plane.
Due to the high level of the sun signal relative to solar cell and amplifier
noise, the angular effect of noise may generally be taken as negligible.
The coarse sun sensor is not a critical item since measurements are not

made with the device for use in fine guidance.

Fine Sun Sensor. On-Axis Analog Sun Sensor. The Ball Brothers

FE-5A " Fine Eye" sun sensors have a specified accuracy of #1 min of arc
per measurement axis over a linear range of +5 deg and a temperature
range of -20 to +85°C. These sensors were tested by Boeing to this speci-
fication during the Lunar Orbiter Programand this specification was found
to be valid. As with the coarse sun sensor, very little random noise com-
ponent is expected in the total error figure. The major expected error
contributors are uncompensated sensitivity drifts in the silicon cell, parti-
cularly due to temperature variations, and mechanical variations in the
structure and knife edge reticle, again predominantly due to thermal
fluctuations. The *1 min is thus in the form of a bias slowly varying bias
correlated manner with sensor temperature variations. A partial com-
pensation of this effect might be accomplished by measuring the bias error
as a function of temperature prior to launch and making onboard correc-
tions in the digital computer from cell and structure temperature inputs.
It is estimated that an initial alignment accuracy of £15 arc sec can be

achieved.

Cff- Axis Digital Sensor. In order to make a precise measurement

of spacecraft attitude using a single fine sensor system as described above,
it is necessary to maneuver the spacecraft attitude until the sun falls
within the sensors 20-deg field. If it is desirable to avoid the maneuvering
requirement, the nulling sun sensors described above might be replaced
by one or more digital solar aspect sensors of the type manufactured by
the Adcole Corporation. These devices consist of a gray-coded reticle,
silicon photo cells and a housing. The gray-coded reticle is a small

oblong block of fused quartz with a slit centered along the top surface and
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a gray-coded pattern on the bottom surface. A single-axis device encoder
solar aspect into a 12-bit word and has a 64-deg field. The resulting

angular resolution is 1/64 deg which is equivalent to an rms quantization
error and is equivalent to an rms noise level of approximately 0. 004 deg

per axis.

The manufacturer specifies that the accuracy of the measured solar
aspect is 0. 03 deg per axis defined at the transition between encoder
quanta where there is no resolution error. Two such devices are supplied
in a single package to provide two axis sensitivity. As with the analog fine

sun sensor, a l5-arc sec initial alignment accuracy is estimated.

5.4.2.2 Earth Sensor

The earth sensor system described below is composed of two separate
sensor assemblies, one for low altitude another for high. Since the scan-
ning mechanism is identical for the two assemblies, it is feasible to con-

sider an operational system composed of a single assembly of operation
in two modes.

Low-Altitude Earth Sensor Errors. The candidate low-altitude

sensor is the advanced OGO earth sensor system developed for NASA/
Goddard by Advanced Technology Laboratories. The system consists of
four edge-tracking infrared telescopes oriented by pairs in and perpendi-
cular to the orbital plane. For purposes of error analysis the earth is
assumed to be a perfect sphere with a fixed horizon at constant radiance.
Deviations of the real earth from the ideal model are then treated as

sources of error in measurement of the ideal horizon angle.

The following error sources are significant for the low-altitude earth
sensors:

a) Earth oblateness

b) Horizon altitude and radiance variations
c) Detector and preamplifier noise

d) Angle transducer nonlinearities

e) Misalignment.

-~ These factors will be treated separately below.
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Farth Oblateness Error, At low altitudes the deviation of the earth

from a sphere contributes a significant error in determination of attitude
relative to the geocentric line. This error is completely determinate, of
course, and can be eliminated by computed corrections using navigation
and attitude data is available, This effect is discussed in detail in Ref 5
and 6 where the true shape is assumed to be an ellipsoid of revolution. The
ellipsoid and relevant angles are illustrated in Figure 5-22., In Ref 6 the |
following equation is derived for the deviation, A9 , of the true horizon

angle from an average circle centered about the geocentric line.

¢ = eccentricity of the earth ellipsoid

= earth equatorial radius
P= satellite - geocenter distance

A = subpoint latitude

¢= azimuth angle of scan plane relative to plane defined by
geocentric line and major axis of ellipsoid

Figure 5-22. Geometry for Oblateness Error

The quantity 1/2 (A8 (¢) - A6 (¢ + 1800)]is the oblateness error in
the single-axis attitude measurement by a scanner pair of the sensor sys-
tem. For a spacecraft altitude of 185 km, subpoint latitude of 45 deg and
sensor azimuth angle of 90 deg, the attitude measurement error is 0.18 deg.

The error in the other axis is zero since the horizon angle measurement
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eérrors are symmetrical. If the sensor system is oriented such that the
scan planes are at azimuth angles of 45, 135, 225 and 315 deg from the
equator the single-axis error is reduced by 1/A2. If the orbit is such that
all subpoint latitudes from 0 to 45 deg are experienced for equal times,
the rms value of A6 is 1/N2 times the peak and:

A6

0.18 deg n/2 + N2
AB = 0.09 deg rms, per axis

The error in each axis is equal, and the magnitude of the vector

pointing error is 0. 13 deg.

Horizon Altitude and Radiance Variations, To the extent that the

altitude and radiance of the earth's horizon are a known function of posi-
tion and season, this error source is also determinate. A practical sys-
tem, however, will tolerate rather than attempt to analytically compensate
for horizon errors., McArthur (Ref 5) has used meteorological data to.
compute the variance of the earth horizon altitude in the 14- to 16-p CO2
absorption band. His results indicate a standard deviation of 0.88 km in
the horizon location at the 80 percent point in the horizon radiance profile,
From Figure 5-23 it can be seen that a horizon tracking telescope will
experience a horizon angle measurement error A6, where:

AB = 0.88 km _ 0.88 km

172 172
[RZ (R + h)z] (th + hz)

A6 0.0063 rad = 0,035 deg, rms

If the horizon altitude errors at the four track points are assumed to be

]

uncorrelated, the net two axis error is A6 = 0. 05 deg, rms,

T SENSOR
.. ”,/’; b{
0.88 KM™3¢ N

Figure 5-23. Horizon Altitude Error
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The earth sensor system for low altitude use consists of horizon
tracking telescopes. Variation of the horizon radiance does not affect such
a device as severely since it will tend to track at a point corresponding to

a fixed fraction of the limb radiance, regardless of its absolute value.

Detector and Preamplifier Noise. Using the definition of detectivity

s
(D7) as the reciprocal of noise equivalent power normalized to unity band-
width and one square centimeter detector area, the sensor signal-to-noise

ratio is given by:
* -1/2 -1
S/N:NA)\ AtQtT]D (A'a BT]) / k

Where the symbols and numerical values are the following:
Telescope clear aperture area, At =2.3 cm

Telescope field-of-view, Q =4 x 10"‘lt ster

t
Telescope transmission, 1 = 0. 25 (assumed)
Detector area, = 10_4 cm2
N 8 1/2
Detector detectivity, D =3 x 10 c_rg_-_c\%s___ (assumed)

Noise bandwidth, Bn = 50 cps
Spectral bandpass, A\ = 2p (14p-16p)

Minimum earth radiance, NA)\ = 365 B W
cm  ster

Preamplifier noise figure, k = 2 (6 db assumed)
The resulting signal-to-noise value, using these values is:
S/N =177

This ratio is of peak earth signal-to-rms-noise in the sensor band. Except
where noted the numerical values used are from manufacturer's specifica-
tions. The two assumed values are reasonable sensor parameters and the

minimum earth radiance is from the model atmospheres of Wark (Ref 5-8).

In order to relate this figure to angular tracking error, it is neces-
sary to consider briefly the operating principle of the horizon tracker. The
telescope mirror scans the horizon in a small amplitude linear " dither."

Reference to Figure 5-24 shows that a small displacement of the center of
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Figure 5-24. Sensor Scan and Detector Output Waveform
with Attitude Offset

the scan creates an asymmetry in the signal. Tracking is accomplished
by detecting the second harmonic content of the signal. For a small dis-
placement B6, the amplitude of the second harmonic of the signal shown in
Figure 5-23 is:

C :4S’T
T

2

If the second harmonic is filtered and full-wave rectified, the dc error

signal is:
_ 2 ,4ST1
Eap =7 (1)
From the figure it can be seen that:
.46
T 4y
so
_ 28
Eae =7y 29
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Therefore, when EAe equals the noise N, the noise induced error near

null is:

_mwY 1
46, =7 Fw)

For a scan amplitude y = 2 deg the error in earth horizon measurement is:

AB_ = 0.018 deg

The net sensor noise contribution, assuming that all four horizon angle
measurements are combined is 0.036 deg. This brief analysis neglects

the finite size of the sensor field-of-view and the finite width of the horizon.

Angle Transducer Nonlinearity. The tracking telescopes of the

candidate earth sensor system are equipped with induction coil angle trans-
ducers. At or near the nominal spacecraft attitude (null), the linearity and
scale factor characteristics of the four transducers can be balanced to
eliminate transducer bias errors. When attitude offsets or orbital altitude
variations cause significant angular displacement of the tracking point
from null, an angle measurement error is experienced. The manufacturer
specifies that the effect is equivalent to a total attitude measurement error

of 0.10 deg or less at 10 deg displacement from null.

Misalignment. The two tracking telescopes required for measure-

ment of a given attitude displacement component would be packaged in a
single assembly. The relative alignment between the two may, therefore,
be kept to a precise tolerance. It is difficult to assess the accuracy of
alignment expected between the unit and the spacecraft reference surface
over long periods in orbital environment. From experience reported in
the instrument description section of Ref 5-6, however, it is reasonable
to quote a figure of 1 arc min for initial alignment error and 1 arc min for

null drift during the mission,

The measurement errors computed above are summarized in
Table 5-X. Sensor noise, bias instability, and initial alignment errors are
listed separately. The general source of bias instability are combined in
an rss manner, even though there is some correlation among them, parti-
cularly the dependence of both horizon altitude error and oblateness error

upon spacecraft altitude.
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Table 5-X. Summary of Errors, Low-Altitude Earth Sensor

Measurement Errors, lo (deg)
Null +10 deg
Sensor Noise 0.036 0.036
Horizon altitude variation 0.05 0.05
Earth oblateness 0.13 0.13
Transducer 0 0.10
Alignment drift 0.016 0.016
Total Bias Instability (RSS Above) 0.14 0.17
Initial Alignment Error 0.16 0.16

High- Altitude Earth Sensor. There are two significant differences

between the earth sensor systems proposed for high- and low-altitude
applications:

1) The effects of the earth's oblateness and of horizon
altitude variations is greatly reduced at synchronous

altitude.

2) The high-altitude sensor scans a small optical field
through the earth's disc and computes single-axis
attitude by measuring the time separation between
signal threshold crossings and a reference pulse.

Since the errors experienced by the high-altitude sensor are
primarily due to the instrument rather than the earth, and since TRW is
currently acceptance testing the device, it is convenient to simply use the
test specification figures for an error model. This specification limits
the single-axis sensor error to 0.03-deg rms in noise or uncorrelated
error an 0.09 deg in bias of which 1 arc min is assumed to be misalignment.
The magnitude of the vector attitude measurement is 0.42 deg due to sen~

sor noise and 0. 10 deg due to bias instability.

5.4.2.3 Canopus Sensors for Lunar and Mars Missions

"The Canopus sensor recommended for use in the optical sensor
package is the device built by ITT for the Lunar Orbiter spacecraft. This
device is specified to have a bias stability of 0. 014 deg at null and an rms

angular noise of +0. 005 deg. The field-of-view of this Canopus sensor is
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+4 deg in the sensitive axis and 16 deg in the non-sensitive axis. This
field-of-view is adequate for lunar missions but must be modified to 30 deg
in the nonsensitive axis for the Mars mission, The bias stability away

from null is degraded to £0. 05 deg maximum error over the entire field.

Guidance simulation indicated that the bias stability and noise of the
Canopus sensor must be reduced from the Lunar Orbiter performance level
for the Mars mission. The net error contribution due to bias instability
and alignment error must be in the order of +1/2 arc min. The design
steps required to improve stability are similar to those required for the
approach guidance sensor and are discussed in the next section. The

design changes required to reduce the angular noise contribution are

described below.

Computation of Canopus Sensor Error Due to Noise. In order to

derive the design changes necessary to reduce the angular noise jitter
from the level expected inthe Lunar Orbiter Canopus sensor, it is neces-
sary to briefly consider its principle of operation. Figure 5-25 illustrates

the scanning pattern generated on the image dissector photocathode and

the resulting waveform.

The null noise error in a device of this type will be computed; and the

parameter changes required to reduce this noise to the desired level will

be derived.

It can be seen that an angular displacment of angle ¢ will result in

a dc error signal given by:

— 2T
e =T
and since
- £
T = 15 T,
then
A
le - 2¢ Is

where Is is the peak star signal current and the angular error at a signal-
to-noise (S/N) is:

¢, =26/(S/N) e = 3(S/N)"! deg
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For the image dissector, the noise level is determined by shot noise in
the average current due to the presence of Canopus, therefore:

3E. AT K\ /2
S/N = = o °

2eAfa (g_g_f)

where:

illumination due to Canopus, 113.mens/cm2

s
o = area of Lunar Orbiter sensor aperture, 3.14 cm2
. transmission of optics, 0.75
= photocathode responsivity, amps/lumen
e = charge on the electron, 1.6 x 1071? coulombs
| VIDISSECTOR
.lr PHOTOCATHODE
8= WIDTH OF SCANNING

|1
APERTURE = 1°
|l o

|
|
1
gy S

» = SCAN AMPLITUDE i H—e
|
|
|

(A) IMAGE DISSECTOR SCANNING GEOMETRY

;
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| ! l
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Figure 5-25. Canopus Tracker Scanning Geometry and Waveforms
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Af = noise bandwidth, 15.7 Hz

g = dynode gain per stage, 2.5

Qa

star signal duty cycle = 1/3

The visual magnitude of Canopus is -0. 72; and the illumination out-

side the earth's atmosphere due to a zero magnitude star is 2. 65 x 10"10

lumens/cm2 (Ref 7). Therefore:

-10 2

E (2.51)%7

S

E
s

2.65 x10

5.2 x 10'10 lumens/c:m2

The minimum cathode luminous sensitivity specified by ITT for their
S-20 cathode to a calibrated 2879°K source is 80 pamps/lumen. Spectral
convolution indicates that an S-20 surface has a response 1. 35 times

greater to Canopus than to an equally luminous 2870°K source, therefore:

k:8x10_5x1.35

k=1.1x10"" amp/lumen

Inserting the above values into the signal-to-noise equation yields:

(3) (5.2 x 10'10) (3.14)(0.75) (1.1 x 10'4) 1/2

S/N = 19
(2) (1.6 x 107 7) (15.7) (2.5/1.5) (1/3)

= 224

_ eeessh sesssh Sk _ Shemh @2Sunih 2 Sk AR Anh A A N

The resulting angular null error is:
€ = 3(224)_1 = 0.0135 deg, rms or 48 arc sec

Modifications Required to Reduce Noise Error. This noise error is

excessive for use during the terminal guidance mode of the Mars mission.
The figure can be reduced by increasing the size of the entrance aperture
and narrowing the electrical bandwidth. If a one-inch diameter ITT vi-
dissector image tube is considered, the modulating slit may have a length
of 0.28 in., and hence a l6-deg field-of-view in the nonsensitive axis will
correspond to a focal length of 9. 0 in. The full 30-deg coverage required
during the mission will be provided by electronically gimbaling the aperture
in the nonsensitive direction as the mission progresses. With f/1.0 lens
speed:

A = m(0.5 x 2. 54)2
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A =5.1cm2
o

To reduce the noise error to 10-arc sec rms, a value consistent
with the accuracy requirements for the Mars mission, the electrical
bandpass may then be reduced to:

2
_ 10 5.10
Af‘15‘7 (TZ (3.14)

Ale.le

which is sufficiently wide in view of the 10-arc sec/sec maximum drift

rate discussed below.

In summary, the modifications neces

Lunar Orbiter
Canopus sensor to make it suitable for use in the Mars mission are the

following:

1) Use of a vidissector image tube with a large modulating
slit so that a larger optical entrance aperture and field-
of-view may be used

2) Increase of the entrance aperture area from 0.5 cm2
to 7.3 cm? at £/1.0

3) Decrease of the electrical noise bandwidth from
15.7 cps to 2.3 cps

4) Implementation of those design guides discussed in
Paragraph 3. 2.4 for the reduction of null drift and

misalignment in a scanned image tube.

5.4.2.4 Planetary Approach Sensor

The configuration of the planetary approach guidance sensor has been
defined in Paragraph 5.3.5. The alternatives considered were closed-loop
analog tracking devices versus digital scanners with computer processing,
and mechanically solar versus electronically gimbaled scanners. As a
result of comparing these options it was decided to recommend an elec-
tronically scanned digital image tube. The cone and clock angle to the
center of the planet and the apparent angular radius of the planet will be
computed in the spacecraft digital computer from the sensor digital output
signals. The accuracy of the data obtained in this approach is limited
by several factors:

1) Random noise in the planet edge position indications due
to noise in the analog signal prior to threshold detection
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2) Distortion in the deflection system

3) Photosurface and planet brightness nonuniformity
and nonuniformity in planet brightness

4) Uncertainty in the initial alignment of the reference
axis to the spacecraft reference coordinate system

5) Drift of the reference axis relative to its initial
aligned position due to thermal stress and com-
ponent aging during the mission period preceeding
operation

6) Spacecraft limit cycle motion.

Error Due to Random Noise. Errors of the first type are readily

subject to analysis assuming a valid model for the noise source. An
analysis has,been performed based upon the assumption of band-limited

white, gaussian noise with zero mean (see Paragraph 3. 3.2).

In order to convert the data in Paragraph 3. 3.2 to meaningful angular
noise values, it is necessary to know the actual noise level in the digital

edge indications.

The limiting noise ratio in the output of the image dissector is shot

noise in the signal, hence:
1/2

where
B = average planet brightness, lamberts
A = area of the image dissector scan aperture, cm
k = responsitivity of photocathode, amps/lumen
T = "T" number of optical system (effective f-number)

19

¢ = the charge on the electron, 1.6 x 107"’ coulombs
Af = sensor output noise bandwidth, Hz

g = image dissector multiplier gain per stage, 2.5

-186-




In order to evaluate the given expression it is necessary to assign values
to the various parameters. The average brightness of the planetary sur-

face is given by:

-
{2
E_(2.51) v

B = )
w
where
EO = illumination outside the earth's atmosphere due to a
zero magnitude star, 2. 65 x 10-10 lumen
cm
V = apparent visual magnitude of Mars
w = angular semidiameter of Mars, rad

Ref (5-10) gives the visual magnitude of Mars in terms of its range to the
sun (r) and to the earth (A):

V=-1.41+ 5log raA
1-

The mean sun planet distance isr = 1.524 Au and the planet earth distance

at opposition is A = 0.523 Au. Therefore:

v

I

-1.41 + 5 log (0.798)
or
V=-1.90

The equatorial semidiameter of Mars at 1 Au is given in Ref (5-11)
as 8.80 sec, soat A + 0.523 Au:

w = 8.80 X—O—é-zg
w=16.8 arc sec = 8.15 x 10_5 rad
and
B . 2:65x% 10710 (2.51) + 1. 90
(8.15 x 10™°)%

0. 229 lamberts or 213 ft lamberts

H

TThe variation is solar illumination at Mars over the Martian year is
approximately *15 percent.
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The aperture chosen for the ITT 4011 vidissector has a diameter of

0.0008 in. and hence an area:

A, =7 (0.0008 x 2. 54)°
Aa. =3.24 x 10-'6 cm2
The responsitivity of the S-11 photocathode to the planet image may
be computed from the calibrated responsitivity stated by ITT of 50 pa/lumen
of radiation from a 2870°K source, the color index of the planet from
Ref (5-10), B-V + +1.41 and spectral convolutions which indicate

a correction of 1.25 times between 2870°K and an equally luminous source

of color index +1.41. Therefore:

"

k 5x10-4x1.25

k=6.3x10"% amps/lumen

The planetary approach sensor has been conceptually configured to
use the Super Farron optical system which has a 3-in. focal length and
an effective speed of T/1.0. The scan period is 8 sec so for a raster of

106 resolution elements
1
Afs -2t

where T is the dwell time of the scanning aperture on the resolution

element:
8 -6
T=E—¢*= 8x10
10
80
Af = ! . = 6.25 x 102 Hz
S 2x8x10

and for an RC noise roll-off at the image dissection output, the noise
bandwidth is:

Af
n

w/2 Afs

Af 9.80x104 Hz
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Finally, evaluating the signal-to-noise expression:

(0.229)(3.24x10™%)(6. 3x10°%)  [1/?

8(1.0)(1.6x10™9)(9. 8x10%)(2.5/1. 5)

6
S/N )

S/N

18.5

To compute angular noise on the edge crossing indications, it is
necessary to find the slope on the planet edge signal. This slope is deter-
mined primarily by the frequency response of the image dissector scan
mechanism and its output circuit. Measurements made by the manufacturer
indicate that the spatial frequency response of the tube is 0. 71 at 850 TV
lines per horizontal scan line and that the device may be approximated by

an RC circuit with:

_ 8 2 -5
T4 = 1000 850 0--1,85x10 sec

The output time constant T, was previously specified as:

T =8x10_6 sec
o

For purposes of this discussion To will be neglected and the planet
signal input will be represented by a step function, so that the planet cross-

ing output signal is given by:

i (t) = s(1-e"t/7q)
(o}

and
Alo _ S -t/'rd
At T T4 €

As shown in Figure 5-26 the time jitter on the threshold crossing

is computed by dividing the noise current by the slope:

_ v At
Atn-N-A—i;
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And this jitter may be converted to angular noise by multiplying by the

angular horizontal scan rate, 0:

n _ 15 deg _
® = 577505 - 1880 deg/sec

so that
.
Ap = oN -2 &t/7g
n S
Ae_ = o(s/N)~ ! T, et/ Tq

THRESHOLD
LEVEL

At

Figure 5-26. Planet Edge Signal Slope and Noise Level

Considering t as the time of threshold, it can be seen that the noise
error can be minimized by setting the threshold level at the minimum value
tolerable from a false alarm standpoint. Assuming a gaussian distribution
of noise amplitude in the ratio of 5.25 to 1 between threshold level and rms
noise will reduce false crossings to a mean rate of one per 10 data frames.
From the computed peak signal-to-noise ratio of 18.5 and the above
expression for the filtered signal, it is found that:

t:1:hreshold = 0.386 T4

tthreshold = 7.7 x 10~ ° sec
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and
o -1 t/T
Aen_ 8(S/N) Tq€ d
B -1 -5
= (1880)(18.5)" (1.85 x 107°) (1.47)
_ -3
Aen_ 2.75 x 10 7 deg
or
A9 =10.0 arc sec
n

The figure is only approximate in that a detailed sensor design was
not carried out and all frequency response factors were not considered in
conversion to noise equivalent angle. Table 5-XI summarizes the effect
of the computed angular noise of the planet centroid and radius deter-
mination (refer to Figure 5-26).

Table 5-XI. Summary of Planet Approach Sensor Noise Error in

Determination of Centroid and Radius by " 3 Point"
and Least Squares Estimates (LSE) Methods

Planet Disk
Size 3-Point Method ,
(deg) Error, 30 LSE Error, 30
X vy radius x y radius
C C C c

arc-sec larc-sec lpercent |arc-sec [arc-sec percent
0.15 120 28 32 102 35 32
0.375 87 31 8 74 22 8
0.75 75 32 5 46 13 3
1.5 67 27 2.5 24 9 1.5

Error Due to Image Tube Distortion. The second type of error

source mentioned at the beginning of the section is image tube distortion.
The assumption of an ideal rectangular raster scan of the field-of-view
depends upon a linear relationship between deflection voltage and displace-
ment of the scanning beam on the tube face. In practice the curve express-

ing this relationship tends to have a slight "S" shape with the maximum
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deviation from linearity being in the order of 1 percent for current devices,
projected to 0.1 percent for deflection systems under development. The
effect of this factor may be eliminated by measuring the distortion error as
a function of raster coordinates and making corrections in the computer
prior to computation of planet centroid and radius. This procedure will
eliminate distortion error to the extent that distortion is independent of

thermal aging effects and measurable.

Error Due to Nonuniformities in Photosurface Response and Planet

Brightness. The third source of error for the approach guidance sensor
is the nonuniformity of the photosensitive surface and planet brightness.
If the planet edge is sensed by a fixed threshold on the video output signal
as previously postulated, angular error will be introduced by deviation of
the photocurrent above or below the expected level due to variations in the
surface sensitivity and illumination. This error source may be greatly
reduced by incorporating a proportional threshold with the threshold level
for a given scan line controlled by a sample of the planet signal from the

previous line.

Error Due to Spacecraft Limit Cycle Motion. The motion of the

spacecraft attitude during the approach phase will cause motion of the
planet image on the photocathode during the scan. The computed centroid
of the planet will tend to reflect the average planet position during the
scan which is the desired information. The planet radius measurement,
however, will be in error due to this motion. The magnitude of this atti-
tude drift rate is assumed to be 10-arc sec/sec which is the peak value
predicted in the TRW Voyager spacecraft study. The time required to
scan the planet disc is maximum when the planet subtends 2.5 deg. Under
these conditions an image motion of 13 arc sec will occur during the scan.
Under the postulated data processing conditions a good average measure

of the radius error is one-half this value, or 6.5 arc sec.

Error Due to Alignment. The initial alignment of the sensor refer-

ence axis to the spé.cecraft is limited to a finite accuracy, constrained in
principle only by the degree of patience taken to average noise errors and
compensate for all known sources of bias. In practice this accuracy is
also limited by the quality and sophistication of the optical planet simulator

and angle measurement equipment used. It is reasonable to expect that
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this source of error can be limited to slightly in excess of the noise

angular error in the centroid location at the maximum planet disk size or

approximately 15 arc sec.

Error Due to Thermal Stress and Component Aging. The effect of

thermal stress and component aging upon the stability of the sensor axis

alignment over the mission period is quite significant when an overall

accuracy in the order of one arc min is desired. The following design

steps must be taken if the bias drift is to be kept below one arc min.

1) Careful design of the power supply to eliminate
output voltage drift;

2) Selection of components for all critical circuits

which are resistant to value drift with tempera-
ture and age;

3) Design of a mounting structure which is mechanically
very stable with time and serves as an integral mount-
ing structure housing for the entire optical sensor
system package.
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6. RADIO GUIDANCE

6.1 INTRODUCTION AND SUMMARY

One objective of the Radio/Optical/Strapdown Inertial Guidance Study
is to study the role of radio command in the guidance of unmanned launch
vehicles employing the advanced kick stage design. The approach to this
portion of the study has been to:

1) Identify (by mission phase) where radio guidance can be

most usefully employed for the four mission categories
discussed in Section 2

2) Identify limitations and constraints on the vehicle and
mission profile (trajectory and sequence of operations)

3) Identify candidate radio guidance systems
4) Develop error models for the candidate systems and
analyze their performance capabilities for selected

mission phases.

On the basis of these results, use of the radio tracking instrument and

its interface with the onboard guidance system is recommended.

6.1.1 Assumptions and Ground Rules

The following assumptions have been made and ground rules estab-

lished for conducting this study:

1) Only existing NASA and DOD radio tracking systems are
considered; i.e., no new systems are postulated nor has
relocation of existing equipment been considered. The
tracking systems considered are those shown in Table 6-1,
These systems are described in Subsection 6. 2.

2) Those tracking systems that cannot be used for near real-
time trajectory or orbit determination without major addi-
tions of equipment such as ground links, ground computa-
tional facilities, ground/vehicle data links, etc., are not
considered. Generally, this eliminates the range instru-
mentation systems such as MISTRAM,' AZUsA, UDOP,
GLOTRAC, etc.

TMISTRAM has limited real time capability. (It is used for range safety.)
It' s uncertain future makes it questionable for this application.
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Table 6-1. Radio Tracking Systems Considered in Study

System Location

DOD Systems

GE Mod III Eastern and Western Test
BTL Ranges (Cape Kennedy and
Vandenberg AFB)

NASA Systems

STADAN g World-wide deployment,
_ + See Tables 6-IV and 6-V

C-band Radars for station locations.

Unified S-band

System (USBS)

DSIF

+ DOD C-Band trackers are also considered

6.1.2 Conclusions

The following general conclusions result from this study:

1)

2)
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Use of the C-band radars is limited to low earth-orbit
tracking only. Station locations, coverage, data commu-
nication constraints, and system accuracy limitations are
such as to eliminate these systems from consideration as
useful radio guidance systems for the missions con-
sidered. However, tracking and orbit determination of
spacecraft in low-altitude earth-parking orbits are pos-
sible to reasonable accuracies (as were done on the
Gemini program),

The GE Mod III and BTL radio/inertial systems may be
used for accurate guidance during the launch-phase from
both ETR and WTR. These systems are currently in use
for Atlas/Agena and Thor/Delta launches. A limitation
is reached when the elevation angle of the vehicle as seen
from the radar site drops below 5 deg. This condition is
reached prior to orbit insertion for most vehicles employ -
ing upper stages such as Centaur, Agena, and Delta (final
stage). Nevertheless, it is possible to use these systems
to guide the lower stages of certain multistage vehicles
and "turn over" the guidance to the onboard systems at
the appropriate time during the mission.
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3)

4)

5)

The use of the NASA STADAN net is useful for long.term
tracking of spacecraft in earth orbit. Its use is suggested
for the synchronous earth orbit mission (after final orbit
insertion) for long-term orbit determination and station-
keeping. The vehicle equipment required is normally
associated with the mission payload and not considered to
be part of the launch vehicle guidance.

The NASA Unified S-band and DSIF nets provide excellent
coverage and orbit determination capabilities for the lunar
and interplanetary missions. These systems require
extensive ground communications and computational facil-
ities. The USBS is generally limited to near-earth and

lunar missions. The DSIF net extends this capability to
interplanctary distances.

The use of the DSIF for tracking and orbit determination
is virtually a necessity for the interplanetary missions.
Although completely autonomous onboard optical/inertial
systems may be conceived for these missions the re-
quired performance is considerably beyond the present
state-of-the-art for most missions. An accurate onboard
system is required, in any case, for controlling accu-
rately powered maneuvers such as midcourse corrections
and orbit insertion maneuvers,

6.2 RADIO GUIDANCE SYSTEM CONCEPTS AND TRADEOFFS

The methods of implementing radio command guidance which were

considered in this study are:

1)

A ground-based computer, receiving information from a
radar or radar net during powered flight, computes engine
on-off commands and transmits turning rate commands to
an onboard attitude control system.

An example of this type of system is the radio-guided
Atlas (GE Mod III System), It requires a minimum of on-
board inertial equipment but is satisfactory only for near-
earth operations because of transit time delays. It also
has the disadvantage of constraining the maneuver times
because of incomplete coverage., A second example of
such a system is the BTL radio/inertial system used for
Thor/ Delta and other vehicles, In both systems a radar
is used to track during powered flight, and a filter is used
to estimate the position, velocity, and acceleration com=
ponents. Because the acceleration components are esti-
mated by the filter, only a minimum of inertial equipment
(an autopilot) is required. The system errors are the
result of an optimum weighting between the radar noise
and the vehicle uncertainties (thrust, Is » mass) and
autopilot gyro drifts. P
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2)

3)

4)

A ground-based computer, receiving information from a
radar net during free flight, computes the time of initiation,
direction, and magnitude of a desired velocity increment.
The required onboard equipment includes a sequencer to
start and control the burn, an attitude reference system
including optical alignment devices, and an integrating
accelerometer. This type of system was used for the
Ranger/Mariner midcourse corrections. It is satisfac-
tory mainly for small burns.

The errors in this type of system occur in determining
the desired velocity increment and in the execution of the
burn. The errors in determining the desired velocity
increment occur as the result of errors introduced during
free flight tracking by radar noise and biases. Execution
errors are the result of inertial and optical instrument
errors and vehicle dispersions. The vehicle dispersions
cause errors in three ways:

a) Engine misalignments and center of gravity offsets
introduce directional errors. It is possible to use
three accelerometers to sense and correct these
errors. )

b) Thrust, weight, and Igp dispersions cause the burn-
out position to deviate from nominal. Without on-
board computing capability, the velocity increment
cannot be modified to compensate for these errors.

c) Thrust tailoff impulse dispersions cannot be corrected
for by guidance unless vernier engines are provided.

Ground tracking during free flight provides a position and
velocity estimate which is used to update a complete iner-
tial guidance system on board the spacecraft. The Apollo
mission will utilize guidance of this type. )

The errors in this system are caused by radar noise and
biases during free flight tracking and inertial and optical
instrument errors as well as thrust tailoff impulse.

Inertial guidance without radio aid. Although this type of
guidance is conceivable for a synchronous satellite mis-
sion, it is totally unfeasible for a lunar or interplanetary
mission unless some sort of terminal navigation sensor
is used. Depending on the mission requirements, this
may be beyond the current state-of-the-art.
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The candidate radio/inertial systems considered in this study are
shown in Table 6-II and include systems of all four types. The radio
tracking portions of these candidate systems are described in Subsec-
tion 6.3, and performance models are given in Subsection 6.4. Limita-
tions, constraints, and performance capabilities are discussed in

Subsection 6.5,
6.3 DESCRIPTIONS OF CANDIDATE TRACKING SYSTEMS

6.3.1 BTL Radio/Inertial Guidance System

This is the Radio/Inertial Guidance System developed by the Bell
Telephone Laboratories for Titan I, Vehicle position (range, elevation,
and azimuth) is continuously determined by a precise, ground-based,
single -antenna, automatic tracking radar. A high-level radar trans-
ponded pulse is returned by a vehicle-borne transmitter in response to
each ground radar pulse group. A ground-based digital data processing
unit accepts the position data in suitable form and derives vehicle velocity
(in both range and crosswise directions) by noting the change in position
as a function of time. The vehicle position and velocity data so obtained
are compared automatically with calculated values representing the
desired trajectory, and steering orders are derived. Coded steering com-
mands are communicated to the vehicle over the radar beam. Thrust cut-
off commands are sent to the vehicle when the ground-based computer
determines that necessary conditions for the desired free-flight trajectory

have been met.

The performance of the system depends critically upon accurate
determination of velocity in order to permit thrust cutoff at the appropriate
velocity. The techniques used in this system include "smoothing" of radar
data and inertial "updating." The smoothing techniques, in effect, filter
out the high-frequency pulse-to-pulse radar jitter while retaining the more
slowly changing characteristics of the desired data. This smoothing opera-
tion results in some delay in the computed velocity. That is to say, the
value of smoothed velocity at any instant is that which the missile experi-

enced several seconds earlier in its flight,
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This delayed velocity information is updated by the addition of a

velocity increment based upon the inertial properties of the vehicle and

the propulsion and control subsystems. The velocity increment is derived
from the computer's estimate of vehicle acceleration acting over the known
period of time delay occasioned by the smoothing operation. The accuracy
of velocity determination is enhanced by the choice of an optimum smooth-
ing time. This choice is determined by two factors, radar jitter and the
inertial characteristics of the vehicle. The effect of radar jitter dimin-
ishes with increased smoothing time as a result of ave raging the position
measurements over a longer time interval., In contrast, uncertainties in

the inertial characteristics of the missile, such as autopilot gyro drif

(o

an
[~ 941

A
thrust variations, increase the velocity updating error as smoothing time
is increased. There is, then, a smoothing interval for which the two
sources of error contribute equally, and intervals shorter or longer than

this "optimum" correspond to greater error.

The combined use of smoothed radar position data and inertial up-
dating of velocity is an essential element in the guidance accuracy that has

been achieved. The method has led to the term "radio-inertial" guidance,

The functions of vehicle position measurement and command signal -
ing are accomplished by the system radar. The antenna consists of a
4-ft parabolic dish with a Cassegrain subreflector and multimode feed
in a two-axis (elevation and azimuth) mount. Digital code wheels are fixed:
directly on the two-axis mount for elevation and azimuth angle readouts,
The radar is based on generally conventional monopulse principles.

Operation is at X-band.

6.3.2 GE Mod Il Radio/Inertial Guidance System

The GE Mod III radio/inertial guidance system is used to guide the
Atlas missile on both weapon system and space missions. It is composed
of position pulse tracking and CW interferometer rate subsystems plus a
fairly large digital computer (manufactured by the Burroughs Corpora-
tion). The major difference between this system and the BTL system is
in the addition of the interferometer rate measuring system. The rate
data is used to determine vehicle velocity to a high degree of accuracy

without the elaborate smoothing and updating techniques required by the



BTL system, For most missions, the GE system is inherently more
accurate and less susceptible to atmospheric disturbances and vehicle

perturbations (propulsion, weight, etc.) than is the BTL system.

The system operates at X-band. The airborne units consist of pulse
and rate subsystem beacons, a decoder, and antennas. The decoder can
provide pitch and yaw attitude rate commands to the vehicle control sys-

tem as well as number of discrete signals.

Table 6-III gives the weight and power characteristics of the airborne
portions of the two guidance systems previously described. These data,
especially the weights data, should be taken with a good deal of caution
before attempting to draw any system conclusions. The weights shown are
only for the airborne guidance equipment and do not take into account any
structural weight necessary to mount the units or vehicle modifications
required for interface compatibility. There are other less obvious items,
such as weight penalties due to trajectory shaping constraints, injection
altitude increase required for maintaining adequate elevation angles

(greater than 5 deg) and acceptable vehicle antenna look angles.

Table 6-1II. Vehicle Borne Equipment Data

GE BTL
Model 1I-G Series 600
Weight (kg) 25 20.5
Power (w) 180 25

6.3.3 The NASA STADAN System

Space Tracking and Data Acquisition Network (STADAN) is a complete
spacceceraft tracking system designed to handle long term tracking and data
acquisition simultancously for a number of unmanned spacecraft in carth
orbit, and for probes extending as far out as the moon. The system con-
sists cssentially of the Minitrack network, first uscd on the Vanguard
program, supplemented by range and range-rate measurement cquipment

at sclected stations, a ground communications system, and computational
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facilities. The network is under operational control of Goddard Space
Flight Center. A detailed description of the STADAN system is given in
Ref 6-1.

The following description of the tracking systems is quoted from
Ref 6-2:

"Minitrack uses radio interferometers which measure two of
the three direction cosines of a line from the system center
to a transmitting satellite, as a function of time, while the
satellite passes through the beam pattern of the receiving
antennas. The reference lines for these measurements are
orthogonal 1n the plane of the ground antennas. The third

AfiemnA PO IS PN PPN P
directicn cosine is thus i uuy;.u.,.u,;y upxxuuu, anda the ausu.l_a.x

position of the satellite is determined. From a series of
independent angle measurements made at various ground sta-
tions, satellite orbits can be determined to a great accuracy
by computer methods.

"Minitrack performs its angular position measurements by
phase comparison techniques to measure the difference in
arrival time of the wavefront from a satellite source at each
antenna of a pair of antennas separated by known distances in
wavelengths. Measurement of this radio path difference is
accomplished by a comparison of the phase angle of the signal
received at one antenna to that received at another. Antenna
pairs are aligned along east-west and north-south baselines to
form a convenient coordinate system.

"Since the accuracy of the measurement of the angles in-
creses, two pairs of antennas are aligned along orthogonal
baselines many wavelengths long to obtain good angular reso-
lution. As a radio source travels through the antenna pattern,
the relative phase will cycle from zero to 360 electrical de-
grees for each wavelength added to the radio path difference.
Because the phase meters repeat their readings every wave-
length, a number of different space angles produce identical
phase readings during a satellite transit, This ambiguity is
resolved by employing several progressively shorter base-
lines which produce fewer integral numbers of wavelength
changes while the satellite moves through the antenna beam.

"While the Minitrack system functions extremely well with
conventional earth satellite orbits, spacecraft with highly
eccentric orbits do not lend themselves well to tracking by an
angle -measuring system. An eccentric orbit can mean an
orbital period of many hours. Such relatively slow angular
motion at or near apogee, effectively degrades the precision
of the basic angular measurements by radio interferometers.
Satellite orbital parameters must be determined as rapidly as
possible in order to extract maximum usable data from the

-203-



spacecraft. Range and range-rate systems can provide more
direct and meaningful measurements than space angle meas-
urements when working with highly elliptical orbits. Accord-
ingly, a range and range-rate measurement system has been
developed and is operational. The range and range-rate sys-
tem functions as a high precision spacecraft tracking system
capable of accurately determining the range and radial velocity
of a spacecraft from near earth orbits out to cislunar distances.

"Each range and range-rate station employs two distinct sys-
tems: an S-band system and a VHF system. For use with the
S-band system, a three-channel ranging transponder is in-
stalled in the spacecraft. This permits tracking computations
from data supplied by a single ranging station, or computa-
tions from data supplied simultaneously by a complex of two
or three stations. The VHF system is used primarily for
acquisition, but is also used for ranging when the spacecraft
cannot carry the S-band, three-channel transponder. In this
case, a VHF transponder is used which functions as a com-
mand receiver, telemetry transmitter, and a single-channel
ranging transponder. Thus the tracking configuration may be
either that of a single range and range-rate station operating
simultaneously. '

"Each ranging station can measure spacecraft range with a
resolution of £15 meters, and range rate with a resolution
of 0.1 meter per sec,"

6.3.4 C-Band and S-Band (USBS) Tracking Systems

The C-band and S-band (USBS) tracking stations are intended for
tracking manned and unmanned spacecraft in earth orbit. The S-band sys-
tems may be used out to cislunar distances and beyond. The descriptions

of these systems given below are extracted from Ref 6-2.

6.3.4.1 Station Locations

The station locations and the site status are given in Table 6-IV.

6.3.4.,2 C-Band Radars

The C-band radars measure range, azimuth, and elevation. All

radars use azimuth-elevation antenna mounts.
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Table 6-IV presents the range performance when the radars are
operating in conjunction with the 0.5-kw and 2,5-kw beacons. Three

range limits are given:

a) The maximum range for the tracking accuracy listed in
the table

b) The maximum range for acquisition and tracking with
degraded accuracy

c) The maximum unambiguous range.

6.3.4.3 Unified S-Band System (USBS) Radars

The USBS tracking radars measure range, range rate, and two
angles. The stations are equipped with either 85-ft or 30-ft antennas.
There are always two 85-ft stations located close together; one is a MSFN,
and the other is a DSIF station. The 85-ft antennas have dual capability.
Two receivers and transmitters are connected to each antenna. The trans-
mitters operate on different frequencies so that one 85 -ft antenna can track
(and communicate with) two spacecraft simultaneously, provided both craft
are within the antenna beam. Accurate angle data are obtained only for the
spacecraft onto which the antenna is locked. Some of the 30-ft antennas

also have dual capability.

6.3.4.4 Range-Rate Measurements

The S-band tracking systems are capable of precision range—rate('r)
measurements by measuring a change in range A, during finite time

interval T.
;= A
G

The change in range Ar during the time interval T is measured by counting
doppler cycles plus the cycles of a superimposed bias frequency. Two

counting methods are available.

TThis range is not a fundamental limitation. It may be changed by adjust-
ing the radar pulse rate. Range ambiguities may also be easily detected
and resolved in data processing.
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1} Destructive N Count: The time is measured for a pre-
determined and constant number of doppler plus bias
cycles. Due to the superimposed bias frequency, the
measured time (integration time) is approximately
0.8 sec and varies only slightly with the doppler fre-
quency. For this method no continuous doppler count is
obtained over a longer time period than 0.8 sec, and the
quantization errors are negligible. The highest sampling
rate with 0. 8-sec integration time is 1 measurement per
sec. The destructive N-count can also be used with
0.8 sec integration time, yielding a highest sampling rate
of 10 measurements per sec.

2) Nondestructive T Count: Doppler plus bias cycles are
counted continuously, and the counter is read out at con-
stant time intervals T without destroying the information
in the counter, The doppler counter may be read out cne
or ten times per sec. As the readout is nondestructive,
lower sampling rates are obtained by discarding inter-
mediate readouts. The counter can count 35 binary digits
before overflowing. This gives a total count time of 9
to 10 hrs before overflow. The exact value depends on the
range rate, The 35 binary digits remain correct during
overflow so that the only effect of overflow is an ambi-
guity. Both the low- and the high-speed data formats have
the capability to transmit the 35 binary range rate digits.

For this method, a continuous doppler count over longer
time periods is obtained, and the quantization errors are
not negligible and are negatively correlated.

6.3.4.5 Two- and Three-Way Doppler

Two basic modes of operation are available, the two-way and the
three-way mode ( Figure 6-1). In the two-way mode, one station both

transmits and receives the signal. The received signal is compared with

the same oscillator that generated the transmitted signal.

In the three-way mode, only the primary station transmits the sig-
nal, and the secondary station receives the signal. The received signal is
compared to a different oscillator than the one which was used for genera-
tion of the signal. A frequency difference between the two oscillators

shows up a bias in the three-way doppler.

The two-way doppler count is proportional to 2%1, and the three-way
doppler is proportional to (i‘l + i'z). Three-way doppler may be obtained
from more than one secondary station simultaneously. A primary station

can simultaneously obtain two-way doppler,
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Figure 6-1, Two-Way and Three-Way Doppler

6.3.5 Description of the DSIF Networks

Ref 6-5 and 6-6 contain a detailed description of the DSIF tracking
system and the associated ground communication network and other
facilities. The following summary description is extracted from Ref 6-6.
The DSIF is a precision tracking and communications system capable of
communicating with a spacecraft via command and telemetry for control
and data acquisition purposes, respectively, and of tracking a spacecraft

in angle, doppler, and range for orbit determination purposes.

The DSIF, at present, comprises two complete tracking networks of
three 85-ft-diameter antenna aperture configurations each. These stations
are located at approximately 120 deg intervals in longitude and between
40°N and 40°S latitude. There are two tracking stations for each latitude.
There are several other single DSIF stations for special support purposes
which include the Spacecraft Monitoring Station at Cape Kennedy, the
Spacecraft Command Station on Ascension Island, and the R and D stations
at Goldstone. Two basic networks provide continuous surveillance for
spacecraft above nominally 18, 000 km altitude. Tracking periods per

station are from 8 to 12 hrs depending on overlap coverage.

A third tracking network comprised of three 210-ft diameter alt-
azimuth supported antenna reflectors is planned for in 1971. The present

plan is to situate two antennas overseas at the Madrid and Canberra
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(Tidbinbilla) locations. The third 210-ft antenna located at Goldstone
recently became operational. The location of all prime tracking stations

and of support stations are shown in Table 6-V.
6.4 TRACKING SYSTEM ERROR MODELS

This subsection is concerned with the measurement accuracy of
ground-based tracking systems used for determining the vehicle position
and velocity. Ref 6-2 and 6-7 have been used as the major source
of information. The errors quoted are considered conservative and are

not to be construed as specifications.

In both the USBS and DSIF systems, the primary measurement of
interest is a precision measurement of range rate between the space-
craft and the station. For near-earth and lunar missions ranging data are
also available and in general will be used to improve the overall trajec-
tory estimation.

6.4.1 Error Models for the GE-Mod III and
BTL Radio/Inertial Systems

Error models for these systems are classified secret and are not

given here, Detailed information may be found in Ref 6-8.

6.4.2 Error Models for the C- and S-Band (USBS) Tracking Systems

The significant error sources associated with ground-based track-
ing systems may be described by a statistical error model in which the

errors are classified as bias or noise,

Bias Errors are errors which are essentially time invariant during

the time of observation, Typical biases are station location, time

tagging errors, and measurement biases.

Noise Errors are errors which vary appreciably during the time of

observation and have an average value of zero. A typical source for

gaussian distribution noise is the thermal noise in electronic systems.

.f.

The quantization error ' in the doppler cycle counter is nongaussian dis-
tributed noise In some cases the correlation between measurements is

not negligible.

TOn_ly whole cycles are counted which comprises the quantization error.
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The error models for the C- and S-band (USBS) tracking systems
are given in Tables 6-VI thru 6-XI, with the exception of station location,
uncertainties in the velocity of light, and time tagging errors. Station
location errors are given in Table 6-IV. Timing uncertainties in syn-
chronization at a station to Universal Time Corrected (UTC)Jr are
quoted (Ref 6-2) to be 5,4 msec. The uncertainty of synchroniza-

tion between stations is 4. 2 msec,.

Since the range-rate data is of prirhary interest, the errors associated

with measurement are discussed in detail below (taken from Ref 6-2),

Range Rate Uncertainties: u

range rate uncertainties are recognized: quantization noise, white phase

Three classes of noise contributing to

noise, and random walk noise,
For the two-way doppler operating in the nondestructive T-count

mode, the total one-sigma noise 0'(1'-1) for 1"1 is

2 2 2
. _ {o. 09) (o. 08) 2,
[0'(1'1)] = (—T + —T (ft/sec)
for land-based USBS trackers, where

2
(—Q—,T(?—(Z) = the term due to the quantization error. The correla-
tion coefficient ¢ = -0, 5 for adjacent measurements
and p = 0 for nonadjacent measurements,

2
(Q—T-?—S-) = the term due to random phase walk and white noise,
The correlation coefficient p = -0,5 for adjacent
measurements and p = 0 for nonadjacent measurements,
T = the count or integration time in seconds,

TStation clocks are synchronized by timing signals received from radio
station WWYV which broadcasts time signals derived from the United States
Frequency Standard,

Atmospheric refraction effects, although significant, are neglected
in the following analysis.
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Table 6-VII. USBS Angle Tracking Accuracy
(from Ref 6-2)
Noise, 10 Bias, 10
(mrad) (mrad)
Land-based 0.8 1.6
X-Y mount

USBS Range-Rate Measurement Accuracy (Two-

Way Doppler, Nondestructive T Count)(from Ref 6-2)

Noise, 10 Bias, 1o
S 1 White Noise
ar}?gtzng and Random |Total
Quantization Phase Walk |[Noise
o(t,) .
3 %) 1 0'(1' )
O'q(ri) O-W(ri) 2 2 2 1
Corre- Corre-|g°=¢“+ ¢
(ft/sec) | lation |(ft/sec)} lation q w (ft/sec)
(ft/sec)
1 per sec 0. 09 -0.5 |o0,08 -0.5 0,12 0. 03
This bias
1 per 6 sec |0, 015 -0.5 |0.013 -0.5 0,02 accounts for
various model
1 per 60 sec| 0, 0015 -0,5 |0,0013}] -0.5 0,002 errors and
must not be
solved for.
Table 6-IX. USBS Range-Rate Measurement Accuracies (Two-
Way Doppler, Destructive N Count)(from Ref 6-2)
Noise, 1¢ Bias, 1¢
Sampling Count -
Rate Time cr(fi) Corre- o'(r1)
(sec) (ft/sec)| lation (ft/sec)
10 per sec 0,08 1.0 Y 0. 03
and lower This bias accounts
for various model
1 per sec 0.8 0.1 0 errors and must not
and lower be solved for,
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For the three-way doppler mode the one-sigma noise 0'(1:1 + 1"2)

for (1'~1 + 1"2) is given by:

2 2 [ 2 2
l:tr(i'1 + 1"2)] = (0_,1‘1_8) + (0_'1?3) + i@%ﬂ (ft/sec)2

2
(9—11.‘1—8-) = the term due to quantization, The correlation coefficient

is p = -0,5 for adjacent measurements and p = 0 for
nonadjacent measurements,

2
(Q'TE‘}_) = is due to white noise, The correlation coefficient is
p = -0.5 for adjacent measurements and p = 0 for
nonadjacent measurements,

2
-(-9—'—,%1—7)— = the term due torandom phase walk, The correlation
coefficient for all measurements is p = 0,
T = 1is the count or integration time,

Destructive N Count: Quantization errors are negligible in this

mode, "White" noise and random walk errors are the same as for non-
destructive read out. Independent of sampling rate, the count time is
approximately 0,08 or 0,8 sec. From the previous equations for the two-

way doppler mode, we obtain:

0'(1"1) 0.10 ft/sec for T = 0,8 sec

i

1.0 ft/sec for T

0'(1"1) 0, 08 sec

and for the three-way mode

cr(x"1 + 1‘2) 0.16 ft/sec for T 0. 8 sec

cr(x"1 + 1"2) 1,6 ft/sec for T 0, 08 sec
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Because of the gap (approximately 0, 2 sec for a sampling rate of
1 per sec) between measurements, the correlation coefficient for adjacent

measurements is practically zero,

Bias Errors: A conservative upper bound for the bias in the two-way

doppler mode is 0, 03 ft/sec (1 cm/sec).

In the three-way doppler mode the dominating bias source is the fre-
quency difference between the oscillators in the primary and secondary
station, A conservative estimate of the relative difference in oscillator
frequency is 2 x 10~10 and the bias in (£, + 1"2) is then 0, 2 ft/sec

(6 cm/sec).

6.4.3 Error Model for DSIF

Ref 6-7 gives the present and projected future (1970's) error
models for DSIF. These errors are range-rate measurement errors
shown in Table 6-XII for 2-way doppler tracking (nondestructive T - count).

Table 6-X1I, DSIF Error Model
(from Ref 6-17)

Range-Rate Measurement Errors

Present 1970's
Mariner Mars
Guaranteed Accuracy 0.5 Hz 0.015 Hz
at 1 AU (0, 030 m/sec) 0, 001 m/sec
Probably accuracy 0,010 Hz 0,003 Hz
under same 0, 0006 m/sec 0, 0002 m/sec
conditions

For purposes of the analyses discussed in Section 9, a conserva-
tive value intermediate between the guaranteed and probable accuracies
for the 1970 time period has been selected (essentially equivalent to the
present probable accuracy). In addition, a range-rate bias error is

assumed, uncorrelated from station to station, These errors are shown
in Table 6 -XI111I,
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Table 6-XIII, DSIF Range-Rate Errors Assumed
for Analysis Purposes

Error Source RMS Error
Uncorrelated noise on 0,732 x 10_2 m/sec (equivalent
doppler rate to 0,12 fps per 1 sec sample, 25

measurements averaged) (also
equivalent to 0, 0006 m/sec
uncorrelated RMS error a

1 sample/min)

2

Range-rate bias 10" m/sec (0. 0328 ft/sec)

For purposes of the Mars mission analysis, a simple, single-
station approximation to the three-station DSIF net tracking the vehicle
was made by assuming the range-rate bias to be exponentially correlated

noise with a time constant of 1/3 day (see Section 9 for additional details).

6.5 LIMITATIONS, CONSTRAINTS, AND PERFORMANCE
CAPABILITIES
Radio guidance performance capabilities, limitations, and con-
straints for the earth orbit, lunar, and interplanetary missions are
discussed in this subsection. Rather than analyze each mission inde-
pendently, it is more convenient and meaningful to analyze the require-
ments, tracking system performance capabilities, and constraints by

major mission phase (see Table 6-XIV).

Table 6-XIV. Mission Phases for Lunar and Interplanetary Missions

Launch Translunar Or
) Through Parking {Interplanetary Terminal
Mission Parking Orbit Orbit Midcourse Burn for
Orbit Coast Insertion Correction Orbit
Trajectory Burn Insertion
Lunar X X X X X
Mars X X X X X
Jupiter X
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Mission phases for a synchronous earth orbit mission are:

Launch through parking orbit injection
Coast in low-altitude parking orbit
Transfer burn

Transfer orbit coast

Final injection burn at synchronous altitude.

Paragraph 6. 5.1 discusses the use of radio guidance during launch
through orbit insertion (parking orbit, translunar, or interplanetary).
Tracking and orbit determination capabilities are discussed in Paragraph
6. 5. 2 for earth parking orbits anci synchronous orbits and in Paragraph
6. 5.3 for the translunar and interplanetary phases. Section 9 presents
detailed results for DSIF tracking, with and without an approach guidance

sensor for the Mars mission.

6.5.1 Use of Radio Guidance—Launch Through Orbit Insertion

Radio guidance is currently in use for several NASA launch vehicles
(Atlas/Agena, Thor/Delta, Titan II/Gemini) and AF launch vehicles
(Titan III, Atlas/Agena, Thor/Delta), Launch phase radio guidance is
provided for these vehicles using either the GE Mod III or BTL radio/
inertial guidance systems. In all cases the tracking radar is located in
the vicinity of the launch site and tracks the vehicle to the lower elevation
angle limit (5 to 10 deg depending on the mission accuracy requirements).
By suitably shaping the launch trajectory to maintain acceptable elevation
and vehicle antenna look-angles, accurate guidance can be provided through
the first two, and portions of the third, stages of powered flight. For
Atlas/Agena, guidance is assumed by a simple onboard inertial system
(attitude reference, programmer, and a single, axially mounted accelero-
meter for thrust cutoff) during the Agena burn. The radio guidance serves

to initialize the inertial system,

A number of difficulties are encountered in extending the use of radio
guidance to vehicles employing high performance upper stages (Atlas/
Centaur) or requiring additional stages to meet the requirements of higher
energy missions. As indicated in the following paragraphs, the best avail-
able tracking radars suitably located at downrange sites will meet the

launch phase guidance requirements for many lunar and interplanetary
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missions. However, there are severe siting and related problems such as
acquisition and vehicle antenna coverage. Some payload (weight) penalties;
and launch azimuth (and consequently launch window) constraints are
incurred due to tracking system geometrical constraints. Trajectories
are, in general, limited to direct ascent types. The approach of using

radio guidance with parking orbit trajectories appears impractical.

The analysis of radio guidance feasibility and performance during
the launch through injection phases has been based on a lunar mission, and
an Atlas/Centaur trajectory has been assumed. Performance results are
presented in terms of the midcourse AV correction required to correct the
miss and time of flight errors at the moon due to the launch guidance errors.

Typical Figure of Merit (FOM) values for this mission are 10 m/sec (1¢).

6.5.1.1 Siting Considerations

For complete radio guidance, one consideration is conditions near
the final vehicle burnout point. Figure 6-2 shows the locus of these points
for direct ascent trajectories and Figure 6-3 shows the region of possible
burnout points for parking orbit missions. Also shown on these figures
are the geometrical viewing limits from appropriate ground locations for

both a 5 and 10 deg minimum elevation angle above the local horizontal.

1-

It has been assumed that burnout always occurs at a 110 nmi altitude' for

direct ascent cases and 90 nmi for parking orbits.

Direct Ascent. As can be seen from Figure 6-2, direct ascent

trajectories launched at azimuths greater than 90 deg (97 deg) burn out

in view from Antigua if the minimum acceptable elevation angle is 5 deg
(10 deg). However, a particular trajectory which is just visible at burnout
will not be visible at the time it passes through its minimum altitude of

90 nmi. This might occur quite early in flight and thus be of no interest
for radio guidance of the terminal phase. The detailed altitude versus
time history of the limiting trajectories will determine exactly when
acquisition can occur and, therefore, determine the time available for

guidance, This aspect of the problem has not been explored.

The accuracy analysis of Subsection 6.5.1.2 assumes sufficient time is
available to implement optimum filtering and thus realize the full accuracy

potential of the system. If such is not the case, the trajectories would
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have to be reshaped at some expense in payload performance. Note that
the radio guidance airborne equipment may be lighter than the inertial
guidance equipment so it is possible that no net payload loss would be

involved.

In conclusion, from purely a burnout geometry point of view, one
radio guidance station at Antigua can handle direct ascent trajectories suit-
ably shaped (90 to 114 deg) over the launch azimuth region. There is no
payload penalty over an inertial guidance approach if a 5-deg elevation
angle results in acceptable accuracy. The question of acquisition proba-

bility has not been evaluated.
Parking Orbit. As seen in Figure 6-3, the possible parking orbit

burnout points cover an appreciable expanse, mostly ocean. A single
ground station cannot view a very large section of this region regardless
of where it is located. For an equatorial station the launch window cover-
age on the proper day is either 20 min at 10-deg elevation angle limits or
44 min at 5 deg. Depending on the time of the year, there is considerable
movement of the burnout point locus from day to day so that if a ship were
used, it would have to rapidly change positions., There are techniques for
enlarging the launch window by varying the injection true anomaly at the
expense of payload loss; however, the whole approach of using radio guid-

ance with parking orbit trajectories appears impractical.

Airborne Antenna Coverage. Another primarily geometrical area

not explored relates to airborne antenna coverage. The use of radio guid-
ance assumes that adequate signal strength exists at the various receiver
inputs. Since transmitter power and ground antenna gain are essentially
fixed for any existing radar system (to change these characteristics involves
long lead time development), the airborne antenna design is the only vari-
able. A detailed study of the problem of obtaining an antenna with the pro-
per combination of gain and angular coverage (they are related as their
product must equal one) has not been performed, but an initial examination
indicates that there probably will be no severe problem for direct ascent

trajectories. In these cases, the antenna is at least only looking south.

TThe direct ascent trajectories are shaped to have a minimum altitude of
90 nmi but this occurs before burnout. For the three cases studied,
burnout actually occurred between 112 and 114 nmi.
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The parking orbit missions are more critical since a hemispherical air-

borne antenna is needed.

6.5.14.2 Accuracy Analysis

An analysis of the accuracy attainable at Centaur final burnout using
a tracking radar has been performed using, as a typical trajectory, a lofted
(+8. 56 deg true anomaly) direct ascent case. While this was the only tra-
jectory studied and injection error to midcourse correction transformations
are trajectory dependent, it is felt that the results obtained are indicative

of the accuracy obtainable with radio guidance.

Four geometrical conditions were investigated involving elevation
angles at burnout of 5 and 10 deg and yaw angles measured from the tra-
jectory plane of 0 and 60 deg. Also, two tracking radars, the FPS-16 and
the BTL, are included. The results are shown in Table 6-XV. Assuming a
typical FOM requirement of 10 m/sec (1c), the BTL radar' is accept-
able for low yaw angles (i. e., the radar located close to the trajectory
plane) but becomes marginal at high yaw angles. The FPS-16 goes from
marginal to unacceptable as the yaw angle increases. Elevation angle

variations from 10 to 5 deg cause only a small change in the final result.

Table 6-XV. Radio Guidance FOM, m/sec (10) for Lunar Mission
(Lofted Direct Ascent Trajectory) Miss and Time
of Flight Corrected at Midcourse

) - 5 Deg Elevation Angle - 10-Deg Elevation Angle
Guidance
S
yStem 14 Deg +60 Deg 0 Deg +60 Deg
Yaw Angle Yaw Angle Yaw Angle Yaw Angle
FPS-16 11 29 10.5 27
BTL 7 13.5 6.5 13

Errors arise from three general sources: site location uncertainties,
radar biases, and radar noise in combination with missile acceleration
uncertainties. For the case investigated, the midcourse correction

required for a 1000-ft site (position) uncertainty in each of two orthogonal
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directions on the earth's surface is 0. 466 m/sec, thus this source is negli-
gible even if a ship were involved and its location was uncertain to 1 nmi.
Radar angular bias errors (azimuth and elevation) are normally in the
vicinity of 0.1 m (1¢) and these require a midcourse correction of 0. 81

m/sec. They are also negligible. If a ship were utilized, a 1. 0 mrad

error in pitch, yaw, and roll would require 13 m/sec midcourse correction,

This term may or may not be negligible depending on how accurately the

ship's orientation is known,

The remaining source of error which contributes to almost all of the

midcourse correction shown in Table 6-XV is due to radar noise. Here
the problem of determining a signal, the vehicle position and velocity com-

ponents in the presence of noise is involved. While the detailed analysis
leading to the results of Table 6-XV is too lengthy to give here, consider
the problem of determining a vehicle's speed when it is directed along the
radar line of sight using position data corrupted by white noise. Note that
the determination must be made before burnout while the velocity is chang-
ing. If a filter were designed which minimizes the effect of white position
noise and which at the same time gives zero error in the absence of noise
if the velocity is changing linearly with time (constant acceleration) the

noise error is given by

where

S
o

T

the position noise's one-sided spectral density in ftZ/cps

the smoothing time

However, if constant thrust is assumed, the velocity is not changing
linearly with time. It has a nonzero second derivative, called jerk,

equal to

mass rate x thrust

jerk at burnout = J = >
(mass)

' The GE Mod 111 system has approximately the same FOM for the higher
(¥60 deg) yaw angles although it is somewhat better at low yaw angles.
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The filter error (sometimes termed lag error) is

2
e. = 0.17J7
J
Some of the jerk error at burnout can be eliminated because its
nominal value is known. The remaining uncertainty due to mass rate,
Isp’ and final mass variations represents only a fraction, say its 1o value
is k, of the nominal amount. Thus the uncorrectable error is

o, = 0.1 kJT2

The total velocity error is

_ / 2 2
O'T = _\.O’n +o'j

and for the optimum value of smoothing time is

oy = 272§ 217 1377 ¢4/ sec
(o]
opt

Therefore, in this example, the form of the filter must be selected,
the spectral density of the position noise at zero frequency, and the jerk
uncertainty must be known in order to determine the optimum filtering
time and resulting error. A similar situation arises when determing
errors normal to the radar line of sight, Here other missile unknowns,
such as autopilot gyro drift and programmer/torquer scale factor errors,
enter into the analysis. The analysis results indicated below consider all

of those factors, and the actual geometry other than white noise models.

The results of the FPS-16 accuracy analysis are based on the use of

an optimum filter with the assumed error model as follows:

Radar Noise 10 Value Time Constantf
Range 10 ft 1.7 sec
Azimuth 0.1 mrad 1.7 sec
Elevation 0.1 mrad 1.7 sec

Assumed to have an exponential correlation function.
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Vehicle Parameters 10 Value Time ConstantT

Equivalent gyro drift 10 deg/hr 50 sec
AISp 1/3 percent @
A Propcllant flow rate 2/3 percent w

The coordinate system chosen is a right handed Cartesian system

at the vehicle where
a) The X axis is locally horizontal in the desired pitch plane
b) The Y axis is locally horizontal normal to the pitch plane
¢) The Z axis is locally vertical. |

The 1¢ position and velocity uncertainties at injection resulting from
optimum filtering are given in Table 6-XVI together with the required

midcourse correction assuming the lofted direct ascent trajectory.

Table 6-XVI. FPS-16 Filtering Errors and Midcourse FOM
for Lunar Mission

5-Deg Elevation Angle 10-Deg Elevation Angle
Coordinate 0 Deg 60 Deg 0 Deg +60 Deg

Yaw Angle Yaw Angle Yaw Angle Yaw Angle
X (m/sec) 1.3 3.7 1.3 3.5
Y (m/sec) 3.4 2.2 3.3 2.1
7. (m/scc 3.4 3.4 3.3 3.3
X (m) 18. 0 64. 0 16.0 52.0
Y (m) 65. 0 37.0 51.0 30.0
7. (m) 65. 0 65. 0 51.0 51.0
FOM (m/scc) 10. 5 28, 2 10. 2 26. 7

(1n)

As previously shown in Table 6-XV, the BTL radar is significantly
morce accurate than FPS-16; however, to avoid sccurity classification
problems, its detailed characteristics are not given here. An initial analy-

515 of the GE Mod I1I system indicates that it is not appreciably better than

t ; i i
Assumed to have an exponential correction function.
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the BTL system especially at the limits of yaw angle studied. Accuracy
data on both of these systems are contained in Ref 6-8.

6.5.2 Orbit Determination Accuracy During Earth Orbit Coast

Numerous studies have been made of orbit determination accuracies
for spacecraft in low and high altitude earth orbits in support of Mercury,
Gemini, Apollo, and other NASA and DOD space programs. Some results
from these studies that are particularly pertinent to the present study are
summarized here. Use of all available NASA C-band and USBS tracking
stations is assumed, as is the availability of appropriate computing facili-

ties for near-real-time orbit computation.

Figures 6-4 and 6-5 present some typical results from Ref 6-3,
showing the orbit determination accuracies for a vehicle in a low
altitude (185 km) earth orbit, The C- and S-band stations and their track-
ing periods are shown along the bottom of the figures. The dashed lines
show the degradation in the vehicle position and velocity uncertainties if
tracking is terminated at the points indicated. The need for multiple stations

is evident,

For lunar and planetary missions utilizing relatively short parking
orbit ascent trajectories and for extended duration low-altitude earth
orbits, the conclusion is drawn that the use of radio guidance is not practi-
cal for the missions and vehicles covered in this study. This is due to a
combination tracking system coverage limitation, tracking system perform-
ance limitation, and time delays inherent in gathering the data, transmitting
it to a central computing facility, reducing the data, computing vehicle com-
mands, and transmitting these commands via data link to the orbiting

vehicle,

For the synchronous orbit mission, it is shown in Section 7 that a
navigation upda.telr is required prior to synchronous orbit injection for
missions that involve long parking orbit coast times. This correction can

be made by either of two methods:

1‘This is in addition to the required attitude updates required prior to
the transfer burn and final orbit insertion. The errors to be corrected
are primarily the accumulated position errors.
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1) Radio tracking during the transfer orbit coast to deter-
mine the position error. The major part of the error can

be removed by proper adjustment of the time of initia-
tion of the final orbit insertion burn.

2) Use of an onboard electro-optical sensor (e. g., a sun
sensor) to establish a "line-of-position" fix at some point
during the transfer orbit coast. The position error is
removed as in 1) above,

The feasibility of method 1) depends on the availability of suit-
ably located tracking stations, A desirable location depends on the choice
of longitude of the satellite after injection into the final synchronous
orbit. Although it may be possible to select suitable tracking stations for
most final longitudes of interest, some operational and trajectory con-
straints are evident.ir The use of the second method, which can be imple-
mented entirely within the onboard system, appears very attractive.

Further study of this technique is recommended.

For tracking a spacecraft after injection into the final synchronous
orbit, the use of ground~based tracking is somewhat more useful. Such
a capability is useful for long-time stationkeeping which requires periodic
orbit prediction and adjustment. Such a capability can be easily imple-
mented with either the S-band systems or the NASA STADAN net. The
latter system is recommended for this purpose.

6. 5.3 Orbit Determination Accuracy During Translunar and
Interplanetary Trajectory Phases

Extensive studies have been made of orbit determination accuracies
for lunar missions in support of the Apollo, (Ref 6-10), Lunar
Orbiter, and other programs. Similar, but less comprehensive studies
have been made for various interplanetary missions. Some results from
these studies particularly pertinent to the present study are summarized
here. Additional study conclusions for the Jupiter Mars missions are

presented in Sections 8 and 9.

1‘It is also possible to use different modes of ascent from the one studied
here. One commonly used technique is to inject the satellite into an
equatorial orbit whose period is substantially different from 24 hr and

let the satellite "drift" to the required longitude, at which point the orbital
period is corrected.
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The results of tracking accuracy studies are normally computed in
the form of state-vector uncertainties as a function of time from injection.
The quantities used here to represent the uncertainties are the square root
of the sum of the variances of the three position components and the velo-
city components.

6.5, 3.1 Translunar Orbit Determination Using the
S-Band Tracking Systems

The results presented in Ref 6-10 and summarized below indi-
cate that launch azimuth, earth orbital coast type, flight time, and date of
launch have effects on DSIF tracking during the early portion of the flight,
largely due to their effects on coverage. In the latter portion of the tra-
jectory the accumulated accuracy of DSIF tracking is to a large extent
independent of the trajectory. Flight time is the only trajectory parameter
having an appreciable effect on the latter portion of the trajectory. C-band
radar is found to be useful in reducing uncertainties in the early part of
the flight, but it is limited to tracking the first 1. 5 hr of the trajectory.
The addition of range information to this network gives a marked improve-

ment in tracking accuracy.

The USBS/DSIF network assumed to be tracking the spacecraft dur-
ing the translunar trajectory consists of Goldstone, Canberra, and Madrid.
The locations of these stations are listed in Table 6-IV. Each station is
assumed to be capable of simultaneous measurements of range, range rate,
azimuth, and elevation; but the case where range information is absent is

also considered.

All errors are assumed to be random with zero mean and zero corre-
lation between stations and between data types. All systematic errors,
such as tracking station location uncertainty, uncertainty due to atmospheric
refraction, and uncertainties in physical constants, such as the speed of
light and gravitational parameters of the earth and the moon are not

included.

This study assumed that when the vehicle is visible to two DSIF sta-
tions simultaneous sightings are taken. Since range and range-rate meas-
urements involve transmission from the spacecraft, it is implied that there
arc two transponders on the spacecraft or that the two tracking stations are

synchronized.
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In order to have a basis of comparison as data are acquired along
the trajectory, all matrices are propagated to closest approach to the
moon. For convenience, the matrix is summarized by the quantity
"root-semitrace, " This is defined to be the square root of the sum of half
of the elements on the diagonal of an even order square matrix and is des-

ignated symbolically as "RST. " The RST's of the matrix at the moon are

Position RST RST(R)

H
[
nMw
-
q
LN

Velocity RST RST(V)

where 0-2i respresents the variance of the ith coordinate. These quantities
serve to indicate the bounds of the 10 three-dimensional uncertainty ellip-

soids of position and velocity respectively.

The a priori information assumed at orbit insertion consisted of
uncorrelated 1-o uncertainties of 10 km in position and 10 m/sec in velo-
city, in each inertial direction. The nominal trajectory to be used has a
launch azimuth of 90 deg, a 70-hr flight time, a launch date of
January 22, 1968, and a selenographic inclination of the approach hyper-
bola of 130 deg. Plots of RST(R) and RST(V) as a function of time from
injection are presented in Figures 6-6 and 6-7. It is of interest to note
that both of these quantities behave similarly. At the bottom of the
figure are plotted the periods when two DSIF stations are able to track
the spacecraft. Associated with these periods of overlapping coverage
are dramatic drops in RST(R) and RST(V) over the period of one hour.

The results of this study indicate the tracking capability during the
translunar trajectory with earth based radar. Certain generalizations are

now made, keeping in mind the assumptions of this study.

The position and velocity uncertainties associated with radar track-

ing only may be characterized by the following properties:
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a) Sensitivity over the early portion of the trajectory to launch
azimuth, type of coast, flight time, and date of launch due

to changes in tracking coverage

b) Insensitivity over the latter portion of the trajectory to the
trajectory parameters :

c) Largest uncertainties are in the downrange direction
(measured in orbit plane coordinates)

d) Sudden drops occur in the overall uncertainties at the
start of periods of simultaneous or near simultaneous
tracking by two stations when range data are used.

In general, it can be said that DSIF tracking is greatly improved by

the addition of range information, particularly if simultaneous or near

simultaneous tracking by two stations is possible. There are periods dur-

ing the flight when there is relatively little improvement in the tracking

uncertainties.

During these periods, which in some cases may last for

ten hours or more, it would be possible to reduce the sampling frequency

considerably without seriously affecting the tracking accuracy.
6-XVII presents RST(R) and RST(V) measured at pericynthion without and

with the simulation of midcourse correction effects, for the various types

of tracking systems.

Table 6-XVIIL

Translunar Tracking Accuracy

Table

Midcourse Correction
Effects Not Included

Midcourse Correction
Effects Included

Data Type
lo Position |i¢ Velocity |1o Position | 1o Velocity
Uncertainty Uncertainty Uncertainty Uncertainty
(km) (km/sec) (km) (km/ sec)
DSIF (range,
range rate,
angle data) 0.1 0.06 0.8 0.46
DSIF (no
range) N 1.5 3.7 2.9
C-band radar i, 0.37 — e
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6.5.3.2 Interplanetary Orbit Determination Accuracy Using DSIF

The use of DSIF for tracking and orbit determination is virtually
a necessity for the interplanetary missions considered in this study. As
is shown in Section 9, for the Mars orbiter mission, a completely autono-
mous onboard optical inertial system cannot meet the desired mission
accuracy requirements within the present (or near future) state-of-the-art.
However, use of the onboard optical/inertial system in conjunction with
DSIF is extremely attractive both in terms of accuracy and operational
utility. In this mode of operation, DSIF is used as the primary source of
accurate position and veiocity data (with respect to the earth) and the on-
board system is used to accurately control the midcourse, orbit insertion
and orbit trim maneuvers. Use of onboard sensors is also useful in deter-
mining the spacecraft orbit relative to a planet whose position with respect
to the earth is uncertain to a significant degree. See Section 9, for a more

detailed discussion.

The orbit determination accuracies attainable with DSIF depend on
the mission trajectory and will also change significantly throughout the
mission. Detailed results are presented in Section 9 for the Mars-orbiter
mission using the trajectory described in Section 2, Table 6-XVIII pre-
sents some approximate results for Mars mission for present and future
tracking system capabilities. A comparison is also made with the expected
errors at encounter in the absence of tracking data for a typical launch

injection guidance error of 10 m/sec.
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Table 6-XVIII. Approximate Trajectory Determination Accuracies

for a Mars Mission

Launch Injection Guidance Only

10 m/sec

Error At Encounter

90, 000 - 200,000 km

Earth Based Tracking Using DSIF

Present (Mariner 4 Results)
e 5 days after injection

e All data including post
encounter tracking

Future (1971)
e Injection - 5 days
e 5 -120 days
o After 120 days

2400 km
500 km

1000 km
150 km
100 km
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6-2

6-4

6-5

6-6

6-8

6-9

6-10
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7. PERFORMANCE ANALYSIS OF CANDIDATE OPTICAL/INERTIAL
SYSTEMS FOR BOOST FLIGHT, SYNCHRONOUS ORBIT
INJECTION, AND MAJOR POWERED MANEUVERS

7.1 INTRODUCTION AND SUMMARY

The navigational errors of the inertial guidance subsystem, as
augmented by the optical sensor subsystem, were determined in this
study by means of an inertial guidance error analysis program which
calculates the effect of each error source on the position, velocity, and
orientation errors by integrating the first order perturbation equations

along a nominal trajectory.

Three missions were analyzed. The results for the synchronous
orbit mission are described in Subsection 7.3. For this mission the
errors at injection into synchronous orbit were first calculated and the
results used to compute (by a Monte Carlo technique) the delta-velocity
required to achieve the desired orbit. Twelve different runs were made

with different candidate systems,

The results for translunar orbit injection are described in Sub-
section 7.4. In this analysis the errors at injection into translunar orbit
were first calculated and the results used to determine the delta-velocity
required to perform the midcourse correction maneuver. Four different
error analysis runs are made, three with different candidate strapdown

systems and for comparison one with the Centaur gimbaled platform.

The analysis of the midcourse correction and planetary orbit
insertion maneuvers is described in Subsection 7.5. The navigational
errors produced by these maneuvers were determined for application to

the studies of midcourse guidance. (See Section 8.)
7.2 TRAJECTORIES USED FOR PERFORMANCE ANALYSES

Powered flight performance analyses of the TG-166 and TG-266
strapdown guidance systems (augmented by electro-optical sensors as
discussed below) were performed for three missions: the Lunar (parking
orbit ascent) mission, the earth synchronous mission, and the Mars orbiter
mission. In each case a nominal trajectory (launch through injection) was
generated which was representative of the mission desired, and subse-

quently an error analysis tape containing a position, acceleration, and
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attitude history for powered flight was produced for use in analyzing the

guidance system performance requirements,

The general characteristics of these powered flight trajectories, as
well as the characteristics of the trajectories during the translunar, inter-
planetary approach, and orbiting phases, are given in Subsections 2, 3,
2.4, 2.5, and 2.6.

7.3 ERROR ANALYSIS FOR SYNCHRONOUS SATELLITE MISSION

The synchronous orbit mission involves extended flight times so
that a pure inertial system can cause unacceptable injection errors. Both
optical attitude updates using onboard sensors, and a time of perigee burn
update using ground tracking or an autonomous navigator are considered

as solutions to the problem.

7.3.1 Error Models

The error models for the two strapdown systems, TG-166 and
TG-266 (see Section 4), are presented in Table 7-I. The different types

of error sources are discussed below.

7.3.1. 1 Initial Conditions

The initial velocity errors were taken as zero relative to the earth.
The initial orientation errors include, in addition to the 20 arc sec shown
in Table 7-1, the effects of accelerometer errors. These effects are
introduced because it is assumed that the accelerometers are used in a
leveling mode to initialize the direction cosine matrix. The initialization
of the direction cosine matrix in azimuth is assumed to be accomplished

optically.

7.3.1.2 Optical Attitude Update Measurement Errors

In the synchronous orbit mission, optical attitude updates are required.
It is assumed that a measurement may be made in the 185 km coasting
orbit 10 min before perigee burn and in the Hohmann transfer orbit 10 min
before apogee burn. The earth sensor errors are assumed to be 1080 arc
sec per axis in 185 km orbit and 540 arc sec per axis in synchronous orbit,
The sun sensor errors are assumed to be 120 arc sec per axis. It is
assumed that the sun lies approximately in the direction of the vehicle roll
axis during the apogee measurement, and fairly near the horizontal plane

in the perigee measurement. The sun sensor is used for pitch and yaw
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Table 7-1.

Performance Analysis

Error Models Used for Strapdown Inertial Guidance

Number TG-166 } TG-266 Units Type Description

1 3 3 m Initial Vertical position

2, 3 15 15 m Initial East, north position

7,8,9 20 20 arc sec Initial Orientation

10 540 540 arc sec Optical Roll axis at apogee (earth)

20, 30 120 120 arc sec Optical Yaw, pitch axes at apogee (sun)

11, 31 1080 1080 arc sec Optical Roll, pitch axes at perigee (earth)

21 120 120 arc sec Optical Yaw axis at perigee (sun)

39 0.238 | 0.238| arc sec Tracker Update time

40, 51, 62 21 14 Kg Accelerometer | Bias

73,77, 81 75 24 ng/g Accelerometer | Scale factor

74 12 10 arc sec Accelerometer | X accelerometer input axis
rotation toward y axis

75 12 10 arc sec Accelerometer | X accelerometer input axis
rotation toward z axis

78 12 10 arc sec Accelerometer | Y accelerometer input axis
rotation toward z axis

82,83,84 15 10 ng/g Accelerometer | Pendulous axis g sensitivity

85, 86, 87 1 1 ng/g Accelerometer | Output axis g sensitivity

91,97, 103 50 30 p.g/g2 Accelerometer | Input-pendulous g product
sensitivity

92,98, 104 0.5 0.5 }Lg/gz Accelerometer | Input-output g product sensitivity

230,241,252 | 0.187] 0.09 | deg/hr Gyro Bias drift

263,266,269 0.627 0.16 deg/hr/g Gyro Input axis g sensitive drift

264,267,270 0.627| 0.16 | deg/hr/g Gyro Spin axis g sensitive drift

265,268,271 0. 02 0 deg/hr/g Gyro Output axis g sensitive drift

275,281,287 | 0.04 | 0.04 | deg/hr/g?| Gyro Anisoelastic drift

290, 294, 298 57 26 ppm Gyro Scale factor

291,292,293 10 10 arc sec Gyro Gyro input axis rotations toward
each of other two axes

295, 296, 297 10 to arc sec Gyro Gyro input axis rotations toward

each of other two axes
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angles in the apogee measurement and for the yaw angle in the perigee
measurement, with the earth sensor being used for the remaining angles.

See Subsection 5. 3 for details.

7.3.2 Method of Analysis

7.3.2.1 Error Analysis Program

The error analysis program (Ref 7-1) used for these analyses
is capable of analyzing either strapdown or gimbaled inertial guidance sys-
tems in space or missile applications. The primary function of the pro-
gram is to integrate the error differential equation for each error source,
thus giving rise to a 9 x 1 error sensitivity vector for each error source.
The first three components of the sensitivity vector represent the partial
derivatives of position error with respect to the error source. The next
three components represent the partial derivatives of velocity error with
respect to the error source. The last three components represent the
partial derivatives of orientation error with respect to the error source.
The sensitivity vectors can be considered collectively to constitute the

columns of a 9 x n sensitivity matrix.

Statistical data concerning system operation can bederived from the
sensitivity matrix by various operations. System errors in various co-
ordinate systems can also be computed by transforming the individual
columns of the sensitivity matrix to the desired coordinate system. The
initial value of the sensitivity matrix corresponds to various initial align-
ment schemes or to previous runs made with the error analysis program.
Thus, the computation and manipulation of the sensitivity matrix is the
central problem in the error analysis of an inertial guidance system. The
program accounts for error source correlation for several initial alignment
modes such as self-leveling using inertial system accelerometers, gyro-
compassing, or external optical alignment. Also, nonorthogonal instrument
input axis orientations are optional; and single-axis platform or pendulous

integrating gyro accelerometer strapdown modes are available.

In all types of inertial guidance systems the gyros provide an angular
reference for measurements made by the accelerometers. The angular
reference may be physical (in the case of a gimbaled platform system) or

analytic (in the case of a strapdown system). For a strapdown inertial
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system, the accelerometer outputs are transformed to the computational
coordinates by multiplication by the direction cosine matrix. It is assumed
in the error analysis program that the navigation system computer makes
no computational errors (roundoff or truncation) and that there are no

gravity modeling errors.

7.3.2.2 Sensitivity Matrix Generation

The general procedure for the calculation of an error sensitivity
matrix is described in Section 7. 3.2.1. This section describes the special
techniques used to accomplish the 185 km coast period, the optical attitude

updates, and the time update.

First Crossing Burn—No Updates. The mission in which the perigee

burn occurs at the first equatorial crossing and in which no attitude updates

are made is run first. The sensitivity matrix is calculated 10 min before the

perigee burn and 10 min before the apogee burn for use in the later missions.

Introducing Coast Orbits. The sensitivity matrix calculated 10 min

before the perigee burn is taken as the starting point. The sensitivities

are then propagated analytically through an integral number of coast orbits

and used as initial values for the rest of the mission.

Introducing Attitude Updates. The perigee and apogee optical attitude
updates are introduced by zeroing all of the attitude errors in the appro-

priate sensitivity matrix followed by the insertion of three attitude error

sources in body coordinates to represent the optical sensor errors. The

sensitivities are then propagated in the normal manner to the next update

time or to the end of the mission.

Introducing Time Updates. The synchronous orbit mission may
remain in a 185 km orbit up to eight revolutions to facilitate longitude
synchronization. During this time, the position and velocity errors build
up excessively, requiring some kind of update. A full position and velocity
update would reduce the final errors in synchronous orbit caused by posi-
tion and velocity errors at the end of coast to very small levels, where

they will be dominated by the effects of attitude errors.

Under these circumstances, it seems more interesting to investigate
a modified update which has the advantage of onboard computational sim-

plicity. The rationale for the modified update lies in the fact that, to first
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order, the deviation of the actual coast orbit from the nominal coast orbit
remains constant during the eight-orbit period. The growth of position

and velocity errors during this period arises only from displacement of

the actual vehicle from its nominal location along the orbit because of the
error in the period of the actual orbit. Therefore, if the perigee burn
initiation time is modified in such a manner that the along track position :
error between the actual vehicle at the actual burn time and its nominal o
location at the nominal burn time is zero, the final er'ror in synchronous
orbit caused by position and velocity errors in the coast phase should be

no worse than in the case where perigee burn occurs at the first equatorial

crossing.

If such a time-only reset were to be implemented, it only would be
necessary to initiate position and velocity to their nominal values at the
start of perigee burn. The nominal optical sensor angles might require

modification to account for the time shift.

Derivation of Time Updates. Let x represent the state vector of the

vehicle comprising position and velocity with components in an earth-

centered inertial coordinate system.

=

If ;o is the nominal state vector and ax is the perturbation state vector,

) (7-1)

<=

then at nominal perigee burn time, t

?c(to) = ?co(to) + A;(to) (7-2)

If At is the time correction, then the actual perigee burn time, t, is
t=t + at (7-3)
o

and

x(t) = ')-(o(t) + Ax(t) (7-4)

The perturbation state vector after the time update is the actual state vector
at the actual burn time minus the nominal state vector at the nominal burn
time,

axXF () ox(t) - )?O(to) {7 -5)
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Introducing (7-4) into (7 -5) gives

ax*(t) =§o(t) -_)io(to) + Qax(t)

Since At and Ax are first order quantities, the difference between

(7-6)

A;(to + At) and A§(to) is second order. Therefore, to first order, (7 -6)

becomes

a%H = (1) -R(t ) + A%

(7-7)

where the zero subscripts are dropped from the nominal state vector and

the time arguments are dropped from the perturbation vectors and are

assumed to be to.

For a circular orbit, the desired change in the firing time is given

by the negative of the downrange component of position error divided by

the vehicle velocity.

(7-8)

The actual change in the firing time is given by the desired change

plus any error introduced by the updating procedure.

at = At + At
d e

Expressed in matrix form,

Vx -\:z VZ x
At = -3 -3 -7 Ary +Ate
v v v
Ar

The nominal position and velocity at the actual burn time are

T(t) = T(t ) + V(t )at

vit)

- - 2
v(to) - r(to)w at
where w is the orbital angular velocity

w=v/r
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From (7-1), (7-7), (7-11), and (7-12)

AT* =T,(to) At + Ar

— % — 2 -
AVT = - r(to)w At + Ay
In matrix form,
v Ar ) (v
X X X
3 x_y e
ar® ={v -5 - - =5 Ar VNV + (v at +
2
y v v2 v2 y y €
v, Ar | [V,
r Ar (r )
b'< b'e
Ve Ve Y,
Avy ={r —Z——ZI—E' Aar -{r Yw Ate'l' Q4Av
y ¢ r Yy y
r, ar, (r, J

Expanding and combining (7-16) and (7-17) gives

V2 v Vv v Vv
1 - ’; - XZV- ’;_Z 0 0 0
v v v
2
v v
Y X4 %’ - sz 0 0 0
v v v
2
v v
_ ZZX Zzyl VA 0 0 O
v v v
AX® =
Tr Vv r v r v
5 5L 51 0 o0
r Ir r
r v r v T
= 5 7= 0 1 0
r T r
r v T r Vv
sz zzy ZZZ 0 0 1
= Tr r r _

(7-14)

(7-15)

(7-16)

(7-17)

(7-18)
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In the error analysis program, the perturbation state vector is

given by

n
AX' = Z 'sTi' € (7-19)
i=1

where the _si' are sensitivity vectors and the €, are the individual error
sources. The vectors are shown primed because in the error analysis
program they are 9-vectors, the last three states comprising the three
orientation perturbations. Since attitude will be updated at the same time
as time, these states can be ignored. Let AX represent the first six states

of Ax' and Ei the first six components of §i" Then

n
L\x=i§:1 5; €, (7-20)

Rewrite (7-18) as

AX K = x 5 * -
ax* = [M] ax+ 5%, € oy (7-21)
where:
[M] is the matrix
'E:_H is the column vector and
€t equals Ate.
Substitution of (7-20) in (7-21) gives
n
T = = =% -
&x* = [M] i; 5,6t SR oy (7-22)
which becomes
AX¥ = igi [M] siei+ S' i nti (7-23)
If we let
E.l*z[M]'Ei i=1, 2eeen (7-24)
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then
_ nt+i —
Ax»:i; S (7-25)

which is in the form of (7-20). Thus to accomplish the time update, each
sensitivity vector must be multiplied by the matrix [M] and a single addi-

tional sensitivity vector must be added.

Circularization of Orbit. The position and velocity at injection do

not correspond precisely to those required for a circular orbit because of
the oblateness effects in the trajectory program. Since the above calcula-
tions assume a circular orbit, it is necessary to calculate an equivalent

circular orbit before commencing them.
The semimajor axis of the actual orbit is given by

W2
- T (7-26)

H |

1
a

The new orbit is to have the same period as the old orbit. Therefore

r'=a (7-27)
The initial position vector of the two orbits must have the same direction

ar
= (7-28)

T =
The velocity in a circular orbit is given by
v = Vu/a (7-29)
And its direction must lie in the orbital plane, perpendicular to r.
- , (T xv)x T

vl=v (7-30)

|(_r xv) x ?l

The r' and v' thus obtained are used in the time reset calculations.

Coast—Time Reset Theorem. The time reset calculations require

the subtraction of nearly equal quantities. This situation can cause diffi-
culties because of roundoff and because the subtraction process enhances
the errors in the state transition matrix used for the propagation of errors

through the coast phase. These errors exist because of the secant method
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used to obtain the state transition matrix, and because the position and
velocity in the error analysis program do not exactly correspond to a

circular orbit.

This cause of computational error is reduced by proving that the
errors following a time reset at the end of an n-orbit circular coast are
the same as the errors following a time reset at the beginning of the coast.
Thus the necessity for the propagation of errors through the eight-orbit

coast period is eliminated for the cases where a time reset is made.

The derivation is simplest if an RTN inertial coordinate system is

used. For this case [M] of Equation (7-21) becomes

~- -

1 0 0 o o0 O

o o o o o0 ©

(M] = (7-31)

0o 0 o o0 O 1

. —

The state transition matrix for a circular orbit for n periods, in RTN

jnertial coordinates is

r 1 0 0 0 0 0]
-6mn 1 0 0 -6mn/w 0
0 0 1 0 0 0
(2] = (7-32)
6brnw O 0 1 6mn 0
0 0 0 0 i 0
Lo o 0o 0 O 1

Direct calculation shows that

[M][2] = [M] (7-33)
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Thus if a time reset is performed, the state transition matrix for n orhits
can simply be ignored with a resultant saving in computational accuracy.
Fortunately an orientation reset is accomplished at the same time, so that
all of the orientation errors are set equal to zero. Therefore, they need

not be propagated through the n orbits either.

Time Reset Errors. It is assumed that the vehicle position along

its orbit at the update time can be established to one nautical mile. The
corresponding time error is then 0.238 sec. This assumption is conser-
vative, but may not be as conservative as it first appears because it allows

for the following factors:

Relatively poor tracking coverage at 185 km altitude
Air density variations

Uncertainty in ballistic coefficient

Possibility of no coverage during one or
more orbits preceding burn

e Possibility burn may occur 180 deg from part
of orbit where most recent tracking data has
been obtained.
Tf an on hoard navigation system were used the coverage problems would

be eliminated and replaced by problems such as the inherent accuracy of

onboard techniques. For this case one nautical mile is not so conservative.

7.3.2.3 Synchronization Velocity Requirement

The delta -velocity required to synchronize the orbit is calculated by
a Monte Carlo technique for a 95 percent probability of successful

synchronization.

Generation of Normalized Error Quantities. The three components

in RTN coordinates of position error and the three components of velocity
error (in the order: altitude, downrange, crossrange) are normalized by

dividing them by their nominal values. Let

{ax}=|  * (7-34)
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and

|-

[A] = (7-35)

where r and v are the nominal values of position and velocity magnitude.

Then the normalized errors are
{e} = [a}{ax} (7-36)

If [C] is the covariance matrix of {Ax } as obtained from the error analysis

program and [D] is the covariance matrix of the normalized errors, then

(D] = [a][c] [aT] (7-37)

The vector {e} must be generated by pseudo random numbers with the

covariance matrix [D]. First find the orthogonal matrix [E] such that

D] = [ENFI(ET] (7-38)
where [F] is diagonal. Then let
(81 = (]{r"/?] (7-39)
We then have

D] = [B]{1][B7] (7-40)

If {y} is a vector of independent Gaussian random numbers of zero mean
and unit standard deviation, then the covariance matrix of {y}is the

identity matrix. If we let

fe} = By} (7-a1)

then the covariance matrix of {e} is given by Equation (7-40) as required.
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Calculation of Delta-Velocity Requirement. In order to calculate

a figure of merit for each different system configuration, it is assumed
that the payload thruster is used to correct the orbit so that it is circular,
synchronous, and has zero inclination, and so that the vehicle is at the
proper longitude. The correction profile is assumed to be as suggested
in Section 2. 3. 2:

1) Perform a Hohmann transfer from the perigee of the
imperfect orbit to synchronous altitude

2) Circularize when synchronous altitude is reached

3) Change the inclination to zero where the orbit
rsects the equatorial plane

4) Synchronize to the correct longitude.

The above profile is not necessarily optimum, but permits the use of the

following simple calculations.

The individual velocity increments for each of these burns were
derived in Section 2,.3.2. Using the notation of this section, the v, are

rewritten as

) o 512

AV1=-V{0.5€1+0.565+ 0,25 [(€1+2€5) +e4] (7-42)
2 2172

szz-v{o.551+o.5e5-o.25 [(e1+255) +€4] (7-43)

> 1/2
Av3 = v(e3 + € ) (7-44)
€2
~4 = I (7-45)

where n is the number of orbits allowed for resynchronization. The total
4v is given by

4
AV = i; |Avi| (7 -46)

Monte Carlo Technique. One thousand sets of 6 random numbers are

generated for each case. For each set (7-41) through (7-46) are performed.
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The number of times AV falls within each 1,5 m/sec band from 0 to
150 m/sec is counted. The cumulative distribution is then calculated
and interpolated to obtain the 95 percent AV. The number of synchroni-

zation periods, n, is taken as one.

7.3.3 Results and Conclusions

Table 7-II presents the twelve runs made, It gives the run number,
the number of extra complete 185 km coasting orbits inserted before the
perigee update, the strapdown system used, and whether or not prelaunch
calibration, perigee attitude update, apogee attitude update and time up-

date were performed.

Table 7-IIIA presents the results of these runs, One sigma position,
velocity, and orientation errors at injection into synchronous orbit are
presented in TRN (radial, tangential, normal) coordinates along with the
AV required for 95 percent probability of successful synchronization. The
same results are presented in ECI (earth centered inertial)(coordinates)
in Table 7-IIIB.

For each component of position, velocity, and orientation the error
sources are scanned to determine which one makes the largest contri-
bution. The number of this error source is entered in Table 7-IV. The
amount of the contribution is then normalized and substituted into an
Equation (7-46) with the other € taken as zero., The results for all six
components of position and velocity are compared, and the number of the
error source in the column corresponding to the component giving the
largest AV is underlined. Thus, the error sources given in Table 7-1IV,
especially the underlined ones, are those most in need of improvement,
if the performance of a particular run is considered inadequate. See
Table 7-I for an identification of the error sources by number. The con-
tributions of the individual error sources to position, velocity, and
orientation errors are shown in Tables 7-V through 7-VIII for the most
interesting cases; that is for the even numbered cases which exhibit
significantly smaller AV requirements, Error sources contributing

less than 0,15 m/sec to the velocity errors were dropped out of the table.
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Table 7-II. Synchronous Mission Runs
Run Coast | System Prelaunch Time Attitude Update
Number | Orbits { Number Calibration Update Perigee | Apogee
1 0 166 No No No No
2 0 166 No No No Yes
3 0 166 Yes No No No
4 0 166 Yes No No Yes
5 0 266 No No No No
6 0 266 No No No Yes
7 8 166 No No Yes Yes
8 8 166 No Yes Yes Yes
9 8 166 Yes No Yes Yes
10 8 166 Yes Yes Yes Yes
11 8 266 No No Yes Yes
12 8 266 No Yes Yes Yes

Table 7-IITA. Error Analysis Results for the Synchronous Mission

{D TN
ALV LN o

Anrdinatac)
(o 10

1L Mdlicev g

Orientation
Position (km) Velocity (m/sec) (arc sec)

Run 95% AV
No R T N R T N |Yaw | Roll | Pitch | (m/sec)
1 56,5 (41.8 |35.7 126.7|11.2}23.4 12900 3110} 3670 73
2 56.7 |41.8 {35,7 7.4 1.9 1.9 176 505 308 13
3 49.7(20.8 {19.8 | 26.4 | 11,0 | 23,6 |2930| 3090| 3670 75
4 50.0 (20.8 |19.9 6.2 1.8 1.6 176 490 307 9
5 30.2|20.3 {14,0 | 13.0 5.2 11,1 {1380 | 1500| 1760 35
6 30.3(20.3 |14.1 5.2 1.1 1.2 136 482 285 8
7 513 | 793 [430 83.5 | 14.5 8.1 176 505 308 163
8 59.1 128 |[73.8 9.9 2,0 2.1 176 505 308 22
9 354 | 534 290 56.7 | 10.2| 5.8 176 | 490 307 109
10 52,8122 68 9.1 1.9 2.1 176 | 490 307 19
11 259 {408 222 42.17 7.4 4.4 136 482 285 83
12 33.2 121 66 8.0 1.3 1.8 136 482 285 19
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Table 7-IIIB. Error Analysis Results for the Synchronous Mission
(ECI Coordinates)

Orientation
Position (km) Velocity (m/sec) (arc sec)

Run 95% AV
No. X Y Z X Y V4 X Y Z (m/ sec)
1 60.1 36.0 35.4 |26.3 11.6 23,3|2900 3100 3670 73
2 60.4 36.0 35,7 7.5 1.3 1.9 187 501 308 13
3 51,2 18.4 19,8 |26.1 11,6 27.5(2920 3090 3670 75
4 51,5 18.4 19,9} 6.3 1.3 1.6 186 487 307 9
5 32,3 16.8 14,1 | 12,7 5.5 11,0 1380 1490 1760 35
6 32,3 16.8 14,1 | 5.2 0.9 1.2 148 479 285 8
7 634 701 430 |84.8 1.6 8.1 187 501 308 163
8 71.3 1214 73.8 | 10.0 1.5 2.1 187 501 308 22
9 | 436 472 289 |57.6 1.6 5.8 186 487 307 109
10 64.0 117 68.01 9.1 1.5 2.1 186 487 307 19
11 314 357 218 |42.4 1.3 4.3 148 479 285 83
12 [46.3 116 65.9 1 8.0 1.3 1.8 148 479 285 19
Table 7 -1V. Identification of Largest Error Contributors

For Each Run
Run Position Velocity Orientation
Number| R T N R T N Yaw Roll Pitch
1 241 | 73 263 230 252 252 252 230 241
2 241 {73 263 73 241 20 252 10 10
3 241 263 230 252 252 252 230 241
4 241 263 10 241 20 252 10 10
5 241 9 230 252 252 252 230 241
6 241 9 10 241 20 20 10 10
7 73 73 73 73 73 73 252 10 10
8 241 | 31 31 31 241 20 252 10 10
9 241 | 241 241 241 241 241 252 10 10
10 241 | 31 31 31 241 20 252 10 10
11 241 | 9 9 9 9 9 20 10 10
12 241 | 31 31 31 241 20 20 10 10
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Table 7-V. Summary of Position, Velocity, and Orientation Errors —
Synchronous Orbit Injection Runs 2 and 4

| Error Position (km) Velocity (m/sec) | Orientation (arc sec)

Source R T N R T N Yaw Roll Pitch
9 -19.1 15.2 8.21 -2.4 0.6 0.3 0 0 0
10 0.1 0 0f 3.8 |-0.1 0 14 475 257
20 0 0 0 0 |-0.5 | -1.0 | 120 -3 -2
30 0 0 0] -0.6 0 0 0 57 -106
40 5.4 -7.0 |- -3.8| 0.8 |[-0.1 | -0.1 0 0 0
62 -1.1 1.0 0.5] -0.2 0 0 0 0 0
73T 27.1 -34.8 [-18.8} 4.2 [-0.6 | -0.4 0 0 0
7311 j0.3 [ -13.2 | -7.2] 1.6 0.2 [-0.2 | O 0 0
230 -1.1 -1.5 4.6 0.7 |-0.2 0.4 2 113 47
241 42.8 -2.1 -1.1 3.4 |-1.4 -0.8 0 47 -113
252 0.4 3.9 -8.3| 0.1 ]0.5 0.9 |-128 2 1
2631 | _2.7 | -11.6 | 26.3]|-0.3 |-0.4 | 0.9 | 2 | 107 _48
26371 _1.6 | -6.7 [ 15.2}-0.2 [-0.2 | o.5 | 1 62 -28
268 8.3 -4.1 -2.3| 1.0 |-0.3 | -0.2 0 -2 -3
294 -13.3 8.3 4.5| -1.6 |} 0.4 0.2 0 0 0

TRun 2 TTRun 4
Table 7-VI. Summary of Error Analysis Results —
Synchronous Orbit Injection Run 6

Error Position (km) Velocity (m/sec)| Orientation (arc sec)

Source R T N R T N Yaw Roll Pitch
9 -19.1 ] 15.2 8.2 |-2.4 |0.6 0.3 0 0 0
10 0.1 0 0 3.8 |-0.1 0 14 475 257
20 0 0 0 0 |-0.5 -1.0 120 -3 -2
30 0 0 0 |-0.6 0 0 0 57 -106
40 3.6 | -4.6 -2.5 1 0.6 |-0.1 | -0.1 0 0
73 8.7 [-11.1 -6.0 | 1.3 0.2 | -0.2 0 0
230 -0.5 | -0.7 2.2 1 0.3 -0.1 1} -0.2 | 54 23
241 20.6 | -1.0 -0.5 | 1.6 {-0.7 | -0.4 0 23 -54
252 0.2 1.9 -4.0 0 10.2 0.4 ]| -62 | 0
263 -0.7 | -3.0 6.7 |-0.1 |-0.2 | -0.2 1 27 -12
294 -6.1 3.8 2.0 |-0.7 0.2 0.1 0 0 0
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Table 7-VII. Summary of Error Analysis Results —

Synchronous Orbit Injection Runs 8 and 10

Error Position (km) Velocity (m/sec) |Orientation (arc sec
Source R T N R T N |Yaw |Roll | Pitch
9 -19.2 18.3 9.9 |-2.6]| 0.6 | 0.3 0 0 0
10 0.1 0 0 3.8 (-0.1 0 14 |475 257
11 -3.7 2.1 1.9 [-0.5]-0.6 1.4 0 0 ‘ 0
20 0 0 0 01-0.5 | -1.0 |120 -3 -2
30 0 0 0 |-0.6 0 0 0 57 -106
31 -12.1) 117.6 | 63.7 |-5.9| 0.3 | 0.2 0 0 0
39 0.3 4.4 2.4 |[-0.2 0 0 0 0 0
40 5.4 -7.0 | -3.8 0.8 [-0.1 | -0.1 0 0 | 0
62 -1.1 1.5 0.8 |-0.2 0 0 0 0 0
7371 27.1] -35.1 {-19.0 4.2 [-0.6 | -0.4 0 0 0
73tT [ 10.3]| -13.3 | -7.2 1.6 |-0.2 | -0.2 0 0 0
230 -0.3 -2.0 4.2 0.81-0.1 | -0.1 2 113 47
241 44.2| -22.0 |-11.9 4.3 [-1.4 | -0.8 0o | 47 -113
252 0.5 3.9 | -8.3 0.1 | 0.5 0.8 |-128 2 1
268 8.4 -6.5 | -3.5 1.0 [-0.3 | -0.2 -2 -3
294 -13.3 10.2 5.5 {-1.71 0.4 0.2 0 0

T Run 8 TTRun 10

The following conclusions were reached for the synchronous orbit mission:
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Prelaunch calibration is desirable
Apogee attitude update is necessary for all missions

Perigee attitude update and time update are necessary
for missions with a long 185 km coast period

The performance of the TG-166 system for long coasts
and of the more accurate TG-266 system for both short
and long coasts is limited by the horizon tracker errors

Time update errors of the magnitude used are not
significant compared to other error sources

A full position and velocity update would not provide
significant improvement unless the attitude update
errors were reduced.




Table 7-VIII. Summary of Error Analysis Results —
Synchronous Orbit Injection Run 12

Error Position (km) Velocity (m/sec) | Orientation (arc sec)
Source R T N R T N |Yaw Roll Pitch
9 -19.2 | 18.3 9.9} -2.6 ] 0.6 0.3 0 0 0
10 0.1 0 0 3.8 |-0.1 0}t 14 475 257
11 -3.7 2.1 1.9 -0.51-0.6 1.4 0 0 0
20 0 0 0 0]-0.5 -1.0]120 -3 -2
30 0 0 0 -0.6 0 0 0 57 -i06
31 -12.1 {117.6 63.7 -5.9 0.3 0.2 0 0 0
39 0.3 4.4 2.4 -0.2 0 0 0 0 0
40 3.6 -4, 7 -2.5 0.5 -0.1 -0.1 0 0 0
73 8.7 |-11.2 -6.1 1.31-0.2 ]-0.2 0 0 0
230 -0.2 -1.0 2.0 0.4 0 0.1 1 54 23
241 21.3 [-10.6 -5.7 2.11-0.7 -0.4 0 23 -54
252 0.2 1.9 -4.0 0 0.3 .4 |-62 | 0
294 -6.1 4,7 2.5 -0.8 0.2 .1 0 0 0

7.4 ERROR ANALYSIS FOR TRANSLUNAR ORBIT INJECTION

The lunar mission is analyzed from liftoff to injection into the earth-
moon transfer orbit. The performance of the TG-166 and TG-266 system
is compared with that of a Centaur gimbaled inertial guidance system.

The AV required for a 95 percent probability of successfully performing

the midcourse correction is taken as a figure of merit.

7.4.1 Error Models

The error models for the TG-166 and TG-266 systems are presented
in Table 7-I, Table 7-IX presents the error model for the Centaur
AC-10 gimbaled IMU as obtained from Ref 7-2. Figure 7-1 shows the

Centaur gyro and accelerometer orientation at launch.

7.4.2 Method of Analysis

The error analysis program was used to calculate both the errors
at injection into translunar orbit and the delta velocity required for the

midcourse correction.
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Table 7-IX. Error Model for the Centaur IMU
Error For Centaur IMU {from Ref 7-2)
Source Value Units Type Description
1 3 m Initial Vertical position
2, 3 15,3 m Initial East, north position
7 18.6 get Initial Azimuth error
8, 9 1.1 ec Initial Level errors
40, 51, 62 42 ng Accelerometer Bias
41 24 Mg Accelerometer u accelerometer in-flight bias
52 26 Mg Accelerometer v accelerometer in-flight bias
63 29 »g Accelerometer w accelerometer in-flight bias
73, 77, 81 51 nglg Accelerometer Scale factor
76 10.3 sec Accelerometer v accelerometer input axis rota-
tion toward u axis
79 10.3 dec Accelerometer w accelerometer input axis rota-
tion toward u axis
80 11.3 dec Accelerometer w accelerometer input axis rota-
tion toward v axis
88, 94, 100| 9.4 p.g/g2 Accelerometer Scale factor g proportional
nonlinearity
90, 96, 102 | 9 |.Lg/g2 Accelerometer Output axis gZ sensitivity
91, 97, 103 } 13 p.g/gz Accelerometer Input-pendulous g product
: sensitivity
92, 98, 104 12 }.v.g/g2 Accelerometer Input-output g product
i sensivitity
93, 99, 105 | 8 }Lg/g2 Accelerometer Pendulous-output g product
sensitivity
230 0.084 deg/hr Gyro u gyro bias drift
241 0.094 deg/hr Gyro w gyro bias drift
252 0.093 deg/hr Gyro v gyro bias drift
263 0.106 deg/hr/g Gyro u gyro input g sensitive drift
266 } 0.114 deg/hr/g Gyro w gyro input g sensitive drift
269 | 0.101 deg/hr/g Gyro v gyro input g sensitive drift
264 0.173 deg/hr/g Gyro u gyro spin g sensitive drift
267 : 0.177 deg/hr/g Gyro w gyro spin g sensitive drift
270 I 0.190 deg/hr/g Gyro v gyro spin g sensitive drift
275,281, 287l 0.009 c\eg/hr/g2 Gyro Input-spin g product drift
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Figure 7-1. Centaur Sensor Orientation

7.4.3 Results and Conclusions

Table 7-X identifies the four runs made. It gives the inertial sub-
system error model used and whether or not prelaunch calibration is
performed. Table 7-XI summarizes the one-sigma position, velocity and
the orientation errors at injection into earth-moon transfer orbit, and the
AV required for 95 percent probability of successfully performing the
midcourse correction. The errors are presented in RTN (radial, tangential,
normal) coordinates. The AV requirement is given for the two cases of

variable time of arrival guidance and fixed time of arrival guidance.

Table 7-X, Lunar Orbit Injection Error
Analysis Runs

Run Guidance Prelaunch
Number System Calibration
1 TG 166 No
2 TG 166 Yes
3 TG 266 No
4 AC 10 No

For each component of position, velocity, and orientation, and for
the two cases of AV, the error sources are scanned to determine which
one makes the largest contribution. The number of this error source is

entered in Table 7-XII. See Tables 7-I and 7-IX for an identification of
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Table 7-XIA. Error Analysis Results for the Lunar Mission
(RTN Coordinates)

Orientation
Pre. Position (km) | Velocity (m/sec) (arc sec) 95% AV (m/sec)
Run | System |launch Variable Fixed
No. No. Cal. R T N R T N Yaw | Roll| Pitch Time Time
1 | TG-166] No | 1.8 | 3.5 5.6 | 7.512.9 | 9.0 |568 | 233 | 304 50 62
2 TG-166] Yes | 1.4 3,41 3,3 7.212.8) 4,8 |29]1 | 233 | 304 49 60
3 TG-266| No 0.8 1,9 1.8 3.6 1.4 2.8 |175 | 114 | 147 25 31
4 A/C-10| No t.5 3.4 | 1.5 5.0 2.4 2.4 |161 | 152 | 150 37 48

Table 7-XIB. Error Analysis Results for the Lunar Mission
(ECI Coordinates)

Orientation
Pre-| FPosition (km) |Velocity (m/sec) (arc sec)
Run| System |launch
No. No, Cal, X Y z X Y VA X Y Z

1 TG-166| No 2.7 3.9| 5.0 8.1} 4.8| 7.7(550| 253 319
2 | TG-166| Yes 2.1 ] 3.2} 3.0 7.5} 3.0 4.1)299| 249 283
3 | TG-266| No 1.2 t.8| 1.7 3.8} 1.7] 2.3]172| 123 143

4 | A/C-10] No 2,02.9| 1.8} 5,2 | 2.1} 2,1}160| 152 | 152

the error sources by number. The error contribution of the individual
error sources to position, velocity and delta velocity errors for the runs
are shown in Tables 7-XIII through 7-XV, Error sources contributing less

than 0.3 m/sec to the velocity errors were dropped out of the tables.

The following conclusions were reached for the translunar orbit
injection mission:
e Prelaunch calibration is desirable

e The most significant error sources are pitch gyro bias
and roll gyro mass unbalance for the strapdown sys-
tems and v-gyro mass unbalance for the gimbaled
system

e All resulting errors are well within the requirements
summarized in Paragraph 2.5.2.
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Table 7-XII. Most Significant Error Sourcesf
Position Velocity Orientation 95 Percent AV
Run System | Prelaunch {km) (m/sec) (arc sec) {m/sec)

Number | Number |Calibration Variable!| Fixed
R T | N R|T|N Yaw | Roll | Pitch Time Time

1 166 No 241 | 2411263 | 241| 241|263 | 263 | 252 241 241 241

2 166 Yes 241 | 241|263 | 241]| 241|263 | 263 | 252 241 241 241

3 266 No 241 | 2411263 | 241]| 241|263 | 263 | 252 241 241 241

4 AC10 No 62 | 2701241 | 252| 270|230 | 230 |241 252 270 270

1‘See Table 7-1 for Identification of Error Sources

Table 7-XIII. Error Analysis Results — Lunar Injection

Runs 1 and 2

Error Position (km) Velocity (m/sec) Delta Velocity (m/sec)
Source R N R T N Variable Time Fixed Time

7 0 -0.6 0 0 |-0.1 0.8 0.2 0.8 1.3 | -0.2 0.5

8 o | -o. 0.2 0.3{-0.2 |-0.3 0.7 0.2 0.7 1.3 | -0.3 0.3

9 0.1 | -1 -0.1 0.9 | -0.51] 0.1 3.6 1.0 3.5 6.1 | -1.2 1.5

40 0.3 | -0 0 0.5 ] -0.1 0 -0.3 0 -0.4 -0.6 0.3 | -0.2

51 0 -0.2 0 0 |-0.2 0.1 0 0.2 0.2 0 0.1

62 -0. 1 0] -0.1 0.1 0 -0.2 | -0.1 -0.2 -0.3 0 |-0.1

731 -1.2 | -0 0 2.1 | -0.7 0 1.3 0.7 1.0 0.2 0 0.5

73t 0.5 | -0 0 0.8 | -0.3 0 0.5 0.2 0.4 0.8 0 0.2
230 0 -1.0 | -0.1 0 }-2.8 0.4 0.2 0.7 0.6 | -0.3 | 0.5
241 -1.3 3 0] -6.9 2.7 0 |[-15.3 | -5.3 }|-13,8 [-25.6 3.7 | -5.8
252 0 0 1.7 ] -o0.1 0 | 2.1 -2.0 | -0.4 -2.1 -3.0 0.6 |-1.3
2631 0.2 o -5.2|-0.5| 0.2 |[-8.4 3.5 | 0.2 4.4 5.3 | -1.4 | 3.1
2631t | 0.1 | o -3.0|-0.3] 0.2 [-4.8 2.0 | o.1 2.6 3.0 | -0.8 | 1.8
267 O 0 0.1 0 0 0.2 | o.t 0.2 0.3 | -0.1 0.1
268 -0.2 0 01} -0.8 0.4 0 -2.2 | -0.7 -2.1 -3.7 0.6 |-0.9
271 0 0.3 0 0 0 -0.4 | -0.1 -0.4 -0.6 0.1 1-0.2
291 0 0.3 0 0| 0.3 -0.2 0 -0.3 -0.4 0.1 [-0.2
294 0.2 | -0 0 1.3 | -0.6 0 3.4 1.1 3.2 5.7 | -t.0 1.4
295 0 0 0 0 0 0.1 0 0 0.1 0 0
297 0 -0.3 0 0 0 0.5 0.1 0.5 0.8 0.1 0.3
tRun 1
TTRun 2
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Error Analysis Results — Lunar Injection

Run 3

Table 7-XIV.
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Table 7-XV. Error Analysis Results — Lunar Injection

Run 4

Error Position (k) Velocity {m/sec) Delta Velocity {m/sec) —1
Source [ R T N R T N Variable Time Fixed Time

7 0 0 | -0.6 0 0 |-0.1t 0.8 | 0.2 0.8 1.2 0.2 | 0.5

8 0 -0.2 0.1 0.2 -0.1 |-0.2 0.4 | 0.1 0.4 0.7 0.2 | 0.2

9 0.1 -0.5 0 0.5 -0.3 | 0.1 2.0 | 0.6 t.9 3.4 -0.6 | 0.9
40 0 0 0.31 0.1 0 | 0.5 _p.2 ol -0.3 -0.3 0.1 |-0.2
41 0 0 0.2 0 0| 0.2] _g.2 o| -0.3 | -0.4 0.1 | -0.2
51 0.2 -0.6 0 0.5 -0.6 0 3.1 0.9 3.1 5.4 -1t t.4
52 0.1 -0.4 ] 0.3 -0.4 0 2.0 | 0.5 1.9 3.3 -0.7 0.9
62 0.7 -0.7 0 1.6 0.6 . 0 2.1 ] 0.8 1.8 3.4 -0.3 0.8
63 0.4 -0.2 0 0.9 -0.2 0 0.4 | o.2' 0.2 0.5 0.1 0.1
77 0.2 -0.3 0 0.4 0.1 0 0.2 0.1 0.2 0.3 ] 0.1
80 0.3 -0.7 0 0.8 -0.5 0 2.3 | 0.7 2.3 4.0 -0.8 1.0
81 0.6 -0.2 0 1.0 -0.4 0 0.7 0.4 0.5 1.1 0 0.2
94 0.1 -0.1 0 0.1 -0.2 0 0.7 | 0.2 0.7 1.2 -0.2 1.0
96 0.1 -0.2 0| 0.3 -0.2 0 0.7 | 0.2 0.7 1,2 -0.2 0.3
98 0.1 -0.1 0 0.2 -0.1 0 0.3 0.1 0.3 0.5 -0.1 0.1
100 0.2 -0.1 0| 0.3 -0.2 0 0.3 | 0.1 0.2 0.4 0 0.1
102 0.1 -0.1 o | 0.3 -0.1 0| o.5 | 0-2 0.4 0.8 -0.1 0.2
104 0.1 -0.1 0 0.2 -0.1 0 0.2 0.1 0.1 0.2 0 0.1
230 0 0.1 {-0.2 | 0.t 0.1 [-1.9 | -0.8 |-0.4] -0.5 -1.2 0 | -0.2
241 0 0 |-0.9 0 0 |-0.5 1.1 0.3 1.2 1.7 -0.2 0.7
252 -0.7 1.5 0 k34,0 1.3 | 0.1 -7.6 |-2.6]--6.8 |_.12.7 1.9 | -2.9
263 0 0.1 |[-0.1 [-0.1 0.1 {-1.3| 0,7 [-0.3} -0.6 -1.2 o | -0.2
264 0 0 0 0 0 | 0.1 0 0 0 0 0 0
266 0 0o |-0.9 0 0 |-0.1 1,2 | 0.3 1.2 1.9 |-0.2 0.7
269 ] 0 o | o.1 0 o} o.2 | 0.t 0.2 0.3 -0.1 0.1
270 -0.7 2.6 0 2.6 1.5 0| -8.8 | -2.51--8.6 [|--15.0 2,9 |--3,8
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8. PERFORMANCE ANALYSES FOR THE MIDCOURSE PHASE

8.1 INTRODUCTION

Midcourse trajectory corrections generally are required to meet
the terminal accuracy requirements of lunar and interplanetary missions.
This is due to the fact that for many missions the injection errors, pro-
pagated to the target planet or to the moon, exceed the desired errors at
encounter. The injection errors depend somewhat on the launch vehicle
characteristics, but primarily on the accuracy of the booster guidance
system. The state-of-the-art of boost phase guidance is quite advanced;

b

1. - o e mwroman £

. SN | NP s
1IOWEVET, €VEln 1017 i€ oest av

interplanetary or lunar missions.

The capabililities of ground-based radio tracking and orbit determina-
tion techniques (see Section 6) have advanced to the point where midcourse
trajectory corrections can be made with sufficient accuracy to meet the
mission terminal objectives with a reasonably small expenditure of space-

craft propellants.

The midcourse correction problem is analyzed in this section pri-
marily for the Jupiter mission.T The analysis applies either to a flyby
mission or to a solar probe with a Jupiter swingby. A fully attitude-
stabilized spacecraft with suitable propulsion for making the necessary
maneuvers is assumed. The analysis calls heavily on the results contained

in Ref 8-1, 8-2, and 8-3,

The guidance concept (see also Subsections 2.4, 2.5 and 2. 6) is
similar to that employed in Ranger, Mariner, Surveyor, Lunar Orbiter,

and other missions:

1) Use of the DSIF (S-band) tracking systems and ground
computational facilities is assumed for orbit determina-
tion from injection through encounter with the target
planet (see Section 6).

TAna.lysis of the Lunar mission or Mars mission is similar and will
not be presented here.
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2) Based on this determination of the spacecraft position
and velocity, corrective maneuvers are computed and
transmitted to the spacecraft onboard guidance equipment
for execution.
The midcourse maneuver is defined by the impulsive velocity correction,
AV, necessary to correct the target errors and (optionally) the time of

flight.
There are many tradeoffs associated with:

1) Single versus multiple midcourse maneuvers and the
points at which the corrections are applied

2) Allowable spacecraft AV capability (this ultimately becomes
a tradeoff with payload weight)

3) Ranges of possible injection guidance errors (these
depend on the booster guidance system and on the launch
through injection trajectory)

4) Tracking system accuracies attainable (these are a func-
tion of the trajectory geometry, tracking radar capabilities
and utilization, and ground data reduction capabilities)

5) Midcourse maneuver execution errors (these depend on the
sophistication of the onboard optical/inertial system (see
Paragraph 8. 4. 4).

Analysis of these tradeoffs is beyond the scope of this study.
8.2 MIDCOURSE GUIDANCE TECHNIQUES

Midcourse guidance is performed by pointing the spacecraft
thrust in a direction so that a single velocity increment removes the target
errors. This technique, "arbitrary pointing," was used with Ranger,
Mariner, and Surveyor, and allows a single correction to remove all
target errors or to remove two components of miss at the target (critical

plane correction) and not correct time-of-flight errors.

Target errors are conveniently specified in terms of the components
of the impact parameter vector B in the R-T plane and the time of flight

te See Figure 8-1.

-268-




THF TN W U T W T D W Tl BT oW BT BT o B oW =T e

DEPARTURE
ASYMPTOTE
Ve

JUPITER

PERIAPSIS

SPACECRAFT R
TRAJECTORY

APPROACH ASYMPTOTE

\

AY SSArErTaD
w \ SPACECRAF
R-T PLANE

Figure 8-1. Encounter Geometry

For a given interplanetary trajectory, the choice of the impact
parameter vector B specifies in which direction from the planet and at what
distance the approach asymtote lies. B is commonly expressed in compo-
nents B - R and B - T, where R, 5, and T are a right-hand set of mutually
orthogonal unit vectors aligned as follows: S is parallel to the planeto-
centric approach asymptote, T is parallel to the plane of the ecliptic and
positive eastward, and R completes the set and has a positive southerly
component. The magnitude of B determines the distance of closest
approach to the planet and the angle

0= tan-1

o | tol
3 |

specifies the orientation of the planet centered orbit plane as a rotation
about the S axis. These definitions are illustrated in Figure 8-1. The
velocity injection errors AVI are statistically represented by a covariance

matrix EI

_ T
EI = E [AVI AVI

where E indicates expected value. It is assumed for this study that each
component of AVI is normally distributed and that errors in position at
injection have negligible effect on the miss at the target.
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Because the injection errors are linearly related to the components
of miss at the target B -+ T and B - R, the uncorrected target miss is

statistically represented as

Zp = CZG

where C is the matrix of partial derivatives of the target coordinates with

respect to the components of velocity:

- )
3B-T) oB.T) oB-T
~ox% 5y 3%

3(B + R) 3B - R) 3(B - R)
9x 9y 0z i

and the subscript I refers to the time of injection. Thus, ZT is the

covariance matrix of the two dimensional normal distribution for the two

components of miss at the target. Z,, is a symmetrical matrix of the form

T

a x
b =
T X b
Then
2:'1 ) 1 b -x
T - . 2
ab - x -X a

and the two dimensional probability density function is

p[(B-T), (B.|)] = !
] 211'(a,b-x2)1/2

exp l_ ?1:1____2; [b(g. ’f)z -2x(B-T)YB-R)+a(B- F)Z]'
ape-Xx

-270-




R ___am

N U T W T

Contours of constant probability p are ellipses in the B - T, B - R plane

and are described by

b(B - T)Z -2x(B:- T(B-R)+a(B - T{_)Z = constant

The square roots of the eigenvalues of the matrix ZT are the size of the
semimajor and semiminor axes of the ellipse which contains a certain
probability. The numerical value of the probability is dependent upon

the relative sizes of the eigenvalues. Standard tables (Ref 8-4) have

been prepared indicating the factor by which the square roots of the eigen-
values must be multiplied so that the resulting ellipse contains a certain
percentage of possible situations.

8.3 MIDCOURSE CORRECTION AV REQUIREMENTS FOR THE
JUPITER MISSION

8.3.1 Injection Errors

The launch vehicle configuration assumed for study of the Jupiter
mission is the Atlas/Centaur/HEUS configuration (see Paragraph 2. 2. 6).
The permissible injection errors are based on the performance require-
ments established in Subsection 2. 6 for this mission, and represent a
reasonable upper bound of the errors attainable with the present Centaur

guidance system.T See Table 8-1.

The trajectory used represents a sample from the Jupiter 1972 launch

opportunity, and is representative of midcourse guidance analysis. Detailed

trajectory characteristics are as follows:

Launch date March 14, 1972
Flight time 742 days

Trajectory type I

Injection energy 86. 244389 (km/ sec)2

Heliocentric transfer angle 156.62839 deg

Additional trajectory data are given in Paragraph 2.6. 1,

TSection 7 of this report presents the injection errors for the TG-166 and
TG-266 strapdown inertial guidance systems for two of the four missions

studied. Although not computed specifically for the Jupiter mission, the

injection errors for the TG-266 system are expected to meet the require-
ments established in Table 8-1.
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Table 8-1. Allowable Injection Guidance Errors for Jupiter Mission

Parameter

Specification (10)

Uncertainty in injection
velocity magnitude

Uncertainty in velocity
perpendicular to the
velocity vector

9,5 m/sec

34,7 m/sec

For the trajectory described above, and consistent with the injection

errors specified in Table 8-I,

541.87  -446.00  -315, 18
= = | -446.00 902. 13 -212.90 | (m/sec)?
315,18  -212.90  1052.2

in the geocentric equatorial coordinate system.

The numerical value of ZT is

> =

90. 811076
T

10.241762

10.241762
X 1010k1'n2
15. 161822

The square roots of the eigenvalues of this matrix multiplied by an

appropriate factor (Ref 8-4) indicate the size of the 99 percent probability

miss ellipse at the target. The 99 percent semimajor and minor axes are
2,208, 138 and 854, 404 km, respectively. This miss ellipse is illustrated

in Figure 8-2.

Note that these uncorrected injection errors propagated to the planet

are extremely large. For comparison, the diameter of Jupiter is approxi-

mately 1.4 x 105 km.
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Figure 8-2. 99 Percent Probability Miss Ellipse

8.3.2 Velocity Requirements to Remove Target Errors

The velocity requirements to remove target errors, including time
of flight deviations and the requirements to remove miss -only errors, are
presented in Figure 8-3. The numbers represent 99 percent velocity load-
ing, i.e., the velocity required to remove 99 percent of all possible injection
errors. The least velocity requirement for control of all target errors is
85 m/sec and occurs 20 days after injection. The least velocity requirement
for control of miss only is 43 m/sec and occurs 300 days after injection.
In order to perform a correction early, for example at 10 days after injec-

tion, between 82 and 87 m/sec are required.

The numbers were computed from

Z‘,V = CET CT
where C is evaluated at the time of the midcourse correction, for a critical

pPlane correction 10 days past injection.
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8.4 POST MIDCOURSE TRAJECTORY ACCURACY ANALYSIS

Estimates for the uncertainty of control of the interplanetary
trajectory subsequent to the midcourse correction maneuver are pre-
sented in the following paragraphs. The contributions to this uncertainty
are the error in execution of the midcourse trajectory correction, the
uncertainty in tracking the spacecraft from injection to midcourse correc-
tion, ephemeris and astronomical unit errors, and certain identifiable but
unpredictable trajectory perturbations acting after the midcourse correc-
tion. The midcourse guidance technique, described in Subsection 8. 2,
is assumed for this analysis. It consists of a single midcourse correction
about 10 days after launch, with the thrust vector directed essentially

parallel to the critical plane so as to reduce B.T and B- R errors.

The rms and percentage contributions to the target coordinates B-T
and B+ R are listed in Table 8-1I. The development of each error source
is presented in the following sections. The percentage contribution of the
total deviation in B+ T and B+ R is computed by assuming that the mean

square error contributions are additive.
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The midcourse execution errors are calculated for a Mariner-type
midcourse guidance system (Configuration la described in Paragraph
2.4.1.3) and represent the largest error contribution, as might be

expected.

More accurate control of the trajectory, if required, could be
obtained by improving the precision of the midcourse maneuver either by
using a full strapdown guidance system or by increasing the number of
maneuvers. Of the remaining errors, the greatest is the pre-midcourse
tracking uncertainty which causes the estimated position of the spacecraft
to be in error. This error is based on present state-of-the-art tracking
accuracies attainable by the DSIF (see Section 6). Presumably by 1972,
greater accuracy can be attained. Likewise ephemeris errors and uncer-
tainty in the AU are based on present state-of-the-art and by 1972 will be
appreciably reduced.

8.4.1 Tracking Errors

This paragraph describes the results of an analysis of pre-midcourse
tracking performed to calculate the state vector uncertainties due to radar
tracking. The dispersion ellipse at Jupiter was computed from these

state vector uncertainties.

Range-rate observations at the rate of one every 10 min for a
period of 10 days from a single ground radar constituted the tracking con-
figuration assumed. The radar was located on the equator at the
Greenwich meridian and was assumed capable of observing the spacecraft
continuously. The a priori standard deviation assigned to the range-rate
observations was 102 m/sec. Although this may depart from the design
values of the mission, linear scaling applies to the resultant uncertainties.
For example, if the a priori standard deviation is halved, the state vector

uncertainties are halved at any given time.

The covariance matrix given in Subsection 8.3 was propagated from

injection to the B- T, B- R target coordinate system. This matrix is

4.228 -0.4521
6 2
x 10°(km)
-0.4521 0. 3905
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The square roots of the eigenvalues of this matrix multiplied by an appro-
priate factor (see Subsection 8. 2) give the semimajor and semiminor axes
of the 99 percent probability dispersion ellipse. The 99 percent semi-
major and minor axes are 5110 and 1450 km, respectively. The disper-
sion ellipse is plotted in Figure 8-4. For comparison purposes, it is

noted that the radius of Jupiter is approximately 71,400 km.

-50

-40

99% SEMI-MAJOR AXIS 5110 KM

30 99% SEMI-MINOR AXIS 1450 KM

-20

-10

0
10
20
30
40
S‘ESO -40 -3 -20 -10 0 10 20 30 40 50
IR(KM)MO3
Figure 8-4. Tracking Uncertainty Ellipse Tracking from Injection
to 10 Days — One Point Every 10 Min
8.4.2 Midcourse Correction Execution Errors for a Mariner-Type
Simplified Strapdown Inertial Guidance System
Orientation and execution errors introduced by the midcourse cor-

M
/

BT (KM) x10°

rection subsystem are evaluated in this section for a Mariner-type strap-
down guidance system. This is a simplified inertial configuration with a
3-axis gyro package and one longitudinal axis accelerometer. Cruise
attitude reference is provided in a Sun sensor/Canopus sensor combination.
Reorientation maneuvers are made by open-loop gyro torquing. The cor-
responding errors for a full strapdown configuration are presented in the

following section.

8.4.2.1 Thrust Magnitude Errors

The thrust magnitude errors characteristic of a timed motor burn
are analyzed in Appendix H of Ref 8-1, The proportional errors are

a function of burn time and vary between 0,66 and 0,95 percent (1¢).
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A value equal to 0.75 percent is selected for this analysis. The resolu-
tion errors, primarily due to the motor ignition and shutdown transients,
are equal to 0.0188 m/sec (10), if both transient errors are root-sum

squared.

8.4.2.2 Pointing Errors

Pointing errors include contributions from the following sources:
Canopus and Sun sensor resolution, stability and mounting tolerances of
these sensors with respect to the vehicle centerline, attitude errors due
to open-loop gyro torquing through the required reorientation angles,
thrust misalignment errors, and vehicle attitude control errors during the
thrusting period. It is beyond the scope of this report to analyze these
error sources in detail for the Mariner-type system. However, a reason-
able value for the composite pointing error for this type of system is

2/3 deg (10). This value is used in the subsequent analysis.

8.4.2.3 Midcourse Correction Covariance Matrix

To accurately compute the effects of the pointing and velocity execu-

tion errors, a Monte Carlo simulation should be employed.

An alternate second moment error analysis can be employed enabling
an estimate of the execution errors to be simply computed. Thus, the

covariance matrix of execution errors Ze is (Ref 8-4)

z = (uz - 0'2> z o+ (cr2 - 0_2) 2 + <02 I'\'r'lz + 62)1
e s P v r a ]vl P a

where
c’i = variance of the proportional velocity error
02 = variance of the pointing error (includes thrust misalign-
p ment error)
ci = variance of the resolution error (nonproportional com-
ponent of velocity magnitude error)
crz = variance of the vehicle attitude error due to imperfect
vehicle control system performance
v = midcourse correction velocity increment
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|¥] = expected value of v squared

Zv = midcourse correction velocity covariance matrix

Zlvl = normalized midcourse correction velocity
covariance matrix

I = unit matrix

Because the distribution of the error sources will not generally be
normal, Ee will not represent the covariance of a multidimensional nor-
mal distribution. However, it will be assumed that all error sources are
zero mean normal so that Z; may be propagated to the target and com-

pared with other error effects which are normal.

"The previous paragraphs indicate that reasonable 1-¢ - error esti-

mates are

Us = 0.0075 (0. 75 percent)
cp = 0.0116 rad (2/3 deg)
o= 0.0188 m/sec

For a critical plane midcourse correction at 10 days

1001. 6947 -52.702607 -98.524102

73.535761  102.51410 | (m/sec)?

M
]

symmetric 143.56311

T_E = 1218.79357 (m/sec)®

in the geocentric equatorial coordinate system. Therefore for these

values,
0.085 0.0042 0.0078
2
T = 0. 158 -0.008 (m/sec)
e
symmetric 0.165
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in this same coordinate system. Propagating this to the target coordinate
plane using the matrix C (defined in Subsection 8.2) gives the post-mid-

course correction target covariance matrix

T
= =
ZTM C A C
which is numerically equal to
0.7845 0.2681
b2 = X 108 k.rn2

™

0.2681 1,128

The square roots of the eigenvalues of this matrix multiplied by an appro-
priate factor which is a function of the ratio of the eigenvalues gives the
99 percent semimajor and minor axes of the post-correction miss ellipse.
Selection of the appropriate factor is made as suming that the errors are
multidimensional normal. For nonnormal distributions, the determina-
tion of such a factor is complicated. It is anticipated that this factor does
not differ significantly (more than 10 to 20 percent for other continuous
distributions). The semimajor axis is 24,480 km, and the semiminor axis
is 17,300 km. The miss ellipse is plotted in Figure 8-5. Although it is
not intended here to control the day of arrival, the time of day of arrival
can be controlled to 3. 6309 hr, l@, by the single-correction program.

99% SEMI-MAJOR AXIS 17,295 KM
99% SEMI-MINOR AXI|S 24,478 KM

w |y
AN

10 X \
. NV
N\

-40 -30 -20 -10 0 10 20 30 40

B

B'R (KM)

BT (KM) x 10°

Figure 8-5. Critical Plane Correction at 10 Days,
99 Percent Post-Correction Miss Ellipse
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8.4.3 Midcourse Covariance Matrix for a Full Strapdown Inertial
Guidance System

Midcourse maneuver and execution errors were inve stigated using
the GEAP II error analysis program (see Section 7) for the TG- 166 strap-
down inertial guidance subsystem. A simple relationship was found to
hold between errors and delta velocity. Covariance matrices were calcu-
lated to represent the errors of a range of possible midcourse corrections
with a large and small value of delta velocity and reorientation angle. Six

runs were made using the TG-166 error model and the parameters shown
in Table 8-III.

Table 8-III. Midcourse Correction Delta Velocity
and Reorientation Angles

Run Number AV (m/ sec) A6(deg)
1 6
2 60
3 6 90
4 60 90
5 6 180
6 60 180

For all runs, the parameters given in Table 8-IV were used.

Table 8-1V. Parameters Used for Midcourse
Maneuver Error Analysis

Acceleration 0.5 m/sec2 Along X axis

Rotation rate 0.5 deg/sec About axis midway
between Y and X
axes

Optical initialization 3 arc min Per axis

The optical initialization was accomplished first, followed by the
rotation and then the burn. The covariance matrices obtained are shown

in Table 8-V. The elements below the diagonal of the covariance matrices
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Table 8-V. Error Covariance Matrices for Midcourse Corrections
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have been replaced by the correlations. The first three states are posi-

tion and the last three are velocity.

It is apparent from the results that position errors are very nearly
proportional to the square of the delta velocity and that velocity errors
are very nearly directly proportional to the delta velocity. It is also
apparent that the magnitudes of the position errors are insignificant and
only velocity errors need be considered. From Table 8-V, the velocity

error along the thrust direction can be computed to be

e(Av) = 0.43 x 1073 Av
or
e (Av)
AV = 0.043 percent

Also, from Table 8-V, the cross axis velocity errors are

1073 Av.

e

€ (AV )

Cross axis

The pointing errors are thus 10-3 rad, or 0.06 deg.

8.4.4 Comparison of Mariner-Type System with a Full Strapdown System

The results obtained in the last two sections for the equivalent pro-

portional velocity errors and pointing errors for midcourse maneuver

execution are compared in Table 8-VI. It is evident that at least an order

of magnitude improvement is available by using the more sophisticated
strapdown inertial system. Optical sensor accuracies are comparable in
the two systems (3 arc min inertial accuracy in each axis is assumed for

the latter system).

The significant improvement noted for the full strapdown system

is due primarily to two effects:

e reduction in the attitude errors incurred during the
reorientation maneuver by measuring the attitude change
using the strapdown gyros

e reduction in the vehicle attitude control errors during
the thrusting period (the strapdown mechanization permits
closed loop steering control based on sensed velocities
during the burn),

-283-



Table 8-VI. Comparison of Midcourse Execution Errors for Two
Types of Inertial Guidance Subsystem Mechanizations

Mariner-Type

Simplified TG-166 Full

Strapdown Strapdown ¥

Guidance System Guidance System
Proportional velocity 0.75 percent (1l0) 0.043 percent (1lo)
error
Pointing error 0.67 deg (1l0) 0.06 deg (10)

-3 -3

(11.6 x 10 ~ rad) (10 7 rad)

Resolution error 0.0188 m/sec (Negligible)
) 0.75 m/sec (lo) 0.04 m/sec (lo)

_AV error in perform- (parallel component)
ing a maximum 100
m/sec maneuver

1.2 m/sec (lo) 0.1 m/sec (1lo0)

(lateral component)

See Paragraph 3.3.1.2 for error model.

8.4.5 Extrapolation of Results to Other Mission and
to Orbit Insertion Maneuvers

The errors presented in Table 8-VI for the two types of optical/
inertial systems may be applied directly to the analysis of the midcourse
correction requirements for other missions and to other maneuvers such
as orbit insertion. The resultant mission errors will, of course, be

different than those given above for the Jupiter mission.

The TG-166 performance satisfies all of the midcourse correction
and orbit insertion AV requirements summarized in Paragraph 2.4.2.2
Table 2-VI. The TG-266 system, which has better accelerometer perfor-

mance, also satisfies these requirements.
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9. NAVIGATION PERFORMANCE ANALYSES FOR INTERPLANETARY
AND PLANET APPROACH PHASES

9.1 INTRODUCTION

The radio/optical/inertial tracking and navigation error analyses
were conducted using the SVEADT computer program. The results of the
study are discussed in this section. Briefly, this error analysis was
concerned with the comparative performance of DSIF tracking (earth-
based ddppler) and onboard optical navigation. Optical instruments con-
sidered were: star sensor, planet (Mars) sensor, Sun sensor. The
planet sensor is used in-conjunction with the other sensors to make
measurements of the cone and clock angles (defined below) and to make an
angular subtense (range measurement) of Mars, Major error sources
considered were: slowly drifting biases in the optical equipment, uncer-
tainty in the diameter of Mars, Mars ephemeris errors, doppler bias
error (slowly drifting), and uncertainty in the dynamic model of the solar
system (that is, errors in solar radiation forces on the spacecraft,

gravitational constants, planet oblateness, etc.).

The principal purpose of the optical measurements is to locate the
position of the planet. (Mars) relative to the spacecraft. The lines of sight
to two known stars may be used to provide a known coordinate system, in
which Mars may be located. For this study, one star was taken to be
Canopus, and the other was taken to be the Sun. Mars is then located by
a cone angle § and a clock angle 6, as shown in Figure 9-1. The angle ¢,
shown in Figure 9-1, is the Sun-Canopus angle. The subtense angle a,
not shown, is an angular diameter measurement which can be used to
determine the distance to Mars. A time history of these angles is shown
in Figure 9-2. Useful optical measurements for the trajectory considered

in this study could actually be made only over the period from ten days to

0.5 day prior to Mars encounter (Mars perifocus). Some of the limitations

are due to fixed axis trackers (no gimbals), limited field of view (about

15 deg), and finite image size of Mars. However, for the error analysis

TSVEAD is a state variable estimation and accuracy determination pro-
gram, See Ref 9-1, The equations for the error analysis program are
discussed in detail in Appendix D.
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runs, the optical sensors were assumed to work all the way from the earth

to Mars perifocus.

Rather than arbitrarily specify the time interval between meas-
urements, AT was automatically controlled by the program. This
was done by inputing a position accuracy requirement to the trajectory
integrator equations. The integrator then chose a small AT during times
of rapid trajectory changes, and a large AT when the character of the
trajectory was slowly changing. Thus, in the vicinity of the earth AT = 6
sec; in deep space AT = 12 hr; and AT = 111 sec at Mars perifocus. A

time history of AT is shown in Figure 9-3.
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Figure 9-3. Integration Step Size and Relative Distances of Vehicle
From Earth and Mars Versus Flight Time

9.2 TRAJECTORY USED FOR NAVIGATION ERROR ANALYSIS

The interplanetary trajectory used in this study is described in

Paragraph 2.4.1.
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The total time of flight from earth to Mars, for this study, was
15,228 x 106 sec or 176.25 days. The tracking and navigation error anal-
ysis started at 3 hr out from earth. The X, Y, Z coordinates mentioned
below, are of no special significance. They are nonrotating, cartesian co-
ordinates with the Z axis parallel to the earth's axis of rotation, and the X

axis parallel to the earth's orbit plane of the ecliptic).
9.3 ERROR MODEL SUMMARY

All "biases' in the error models were assumed to be slowly drifting
random variables, exponentially correlated in time. Thus, each bias
error has a standard deviation and a time constant associated with it; the

larger the time constant the more nearly constant is the bias.

A list of pertinent inputs is given in Tables 9-I, 9-II, and 9-III.
Two different error models for the electro-optical sensors were used in
order to investigate the possible improvements in orbit determination

accuracies practicable by using the Mars approach sensor.
9.4 SUMMARY OF RESULTS AND CONCLUSIONS

Five different doppler tracking and optical navigation cases were

considered:
1) Doppler only
2) Doppler plus optical
3) Doppler plus improved optics
4) Optical only
5) Improved optics only.

As mentioned previously, the optical equipment can actually work only in
the range of 10 days from Mars perifocus to 1/2 day from perifocus.
However, for the error analysis study, all equipment was assumed to be

operating 3 hr out from earth to Mars encounter.

A summary of the results of the error analysis study is shown in
Table 9-IV. It appears from this table that the value of optical measure-

ments is marginal, if Doppler information is available up to perifocus.y

TNo consideration was given to the problem of Mars eclipsing the vehicle.
This problem would be very mission dependent.
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Had the optical measurements been cutoff at 1/2 day to encounter, then

the optical performance would have been worse than shown,

The results given in Table 9-1V are shown graphically, and in more
detail, in Figures 9-4 through 9-8. It is interesting to note the very sharp
shoulders, at 0.1 days to encounter, on the Doppler only curves (Figure
9-4.).

(see Figure 9-9) for the doppler information around this time. It is

These sharp shoulders may be caused by too slow a sampling rate

suspected that had the sample rate been increased by, say, a factor of 10,
starting at about 2 days to encounter, then the doppler-only tracking might
have shown a significant improvement between 1 day and 0.05 days to
encounter. It is also suspected that an increased sample rate would not
much improve the performance of the optical equipment. Thus, based on
the data available, it appears that optical tracking may offer a significant
improvement in tracking accuracy only during the brief time range of 1.5
days to 0.05 days from encounter, the maximum improvement occurring
at 0.1 days. Bear in mind, though, that the optical instruments under

consideration in this study can be used to closer than 0.5 days to encounter.

Position and velocity error curves for the entire earth to Mars mis-
sion are shown in Figure 9-10 through 9-15. Care must be exercised
in drawing conclusions from these curves. Since they are plotted on a log-
log scale, their shapes are distorted and they tend to overemphasize that
part of the mission where the optical measurements give improved per-

formance. One may deduce, with the aid of these curves, that the principal

Table 9-1V. Standard Deviations of Position Errors

2.5 Days to Encounter At Mars Perifocus
(rka o—ykm ;-ka o-ka (rykm U'ka
Case 570 500 450 4.3 7.5 1.4
Case 570 500 440 4.0 7.0 1.35
Case 500 450 375 2.4 4.1 0.9
Case 32,000 28,000 15,500 24 21 15.5
Case 4200 3750 2150 5.4 5.4 4.0
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error source, prior to 6 days from encounter, is due to the Mars

ephemeris error when doppler or doppler plus optical tracking is em-

ployed. The principal error source in optical tracking alone, prior to 6

days from encounter, is the initial position and velocityerror ofthe space-

craft with respect to the earth. It is also seen from these curves that a

good position fix with respect to Mars occurs sometime after one day to
encounter, irrespective of the measurements employed. In fact, doppler-

only tracking does not obtain a good position and velocity fix until some-

time after 2000 sec (0.02 days) to encounter. However, as mentioned

earlier, this might be improved by increasing the doppler sampling rate.
It is of interest to note here that it takes about 370 sec for light to

travel between earth and Mars at the time of encounter. Thus, position

and velocity updates, radioed from the earth tothe vehicle, would be based

on data that was 740 sec old. This problem could be eliminated if the

vehicle carried its own ultrastable oscillator and processed the doppler

data onboard. However, in this case the range-rate bias errors would

probably be larger than those considered here.
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APPENDIX A
PULSE-TORQUING TECHNIQUES

1. INTRODUCTION

Precision pulse torquing of inertial instruments has certain attactive

features which have led to'a rather wide application of the technique to

current guidance system design. While the design details of the various
systems are widely different, there is much that all of these systems have
in common. This presentation will develop a general description of the
pulse-torquing concept and will then discuss some of the electrical error

sources for two generic categories.

In order to avoid needless abstraction while maintaining a general
analysis, the development has been related to a specific piece of hardware,
the SDF, rate integrating gyro. From the electrical design point of view,
the analysis carries over to other instruments which lend themselves to

precision pulse torquing.
2. TORQUING TECHNIQUES

A number of pulse-torqued mechanizations have been proposed and
used. While the specific details and refinements vary widely, most tech-

niques may be categorized as:
a) Constant power, or
b) Variable power, (includes pulse on demand).
This breakdown will be used in the discussion to follow.

2.1 Constant Power

Constant power systems are characterized by constant amplitude,
constant duty cycle electrical torquing with a quantized approximation to
continuous proportional control being accomplished by modulating the
ratio of positive to negative pulses. This system is commonly mechanized
with a 100-percent duty cycle, i.e., current flows into the torquer con-
tinuously and is allowed to reverse sign only at precisely spaced clock-
pulse times. Pulsing is thus quantized to the fixed pulse amplitude — clock

period product. A symbolic representation of the essentials is presented

in Figure A-1. While other techniques have been used for current reversal,

the bridge switch is typical and is usually constructed around switching
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Figure A-1. Constant Power-Pulse-Torque Representation

transistors. Center-tapped torque generator windings and reverse-polarity
current sources have also been used in this application. In any event,

the problem is the same: the inherent difficulty in maintaining the current
pulses constant and balanced plus to minus. The effects of these imper-

fections will result in both errors in bias and scale factor.

g Indicated Actual
A+ A T A - A T
_ 1 2|H 1 2 H
ER = [l - T]X f wdt - CT T - K f wdt (A-l)
l 0 0
where
ER = accumulated angle error
) = difference between ideal pulse weight and actual pulse
weight for positive pulse
A, = difference between ideal pulse weight and actual pulse

weight for negative pulse
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A = area of the ideal torquer pulse
= angular momentum of gyro
w = input rate
CT = fixed drift

Review of the error equation above shows that for a constant power
mechanization a change in pulse area, (the amplitude — time integral),
results in clearly separable scale factor and bias errors. This derived
relationship agrees with intuition. If the positive and negative pulse areas
increase the same amount, (A1 = Az), a scale-factor change will result,
but the bias term will be zero. On the other hand, if the positive and
negative pulse change so that Al =-A2 the error will appear as a pure bias

term.

2.2 Variable Power

The variable power mechanization, (most commonly referred to as
pulse-on-demand), is distinguished by a three-state torquing system as
opposed to the binary (positive or negative) levels of the constant power
approach. A nominal zero rebalance torque level is added so that the

system can call up a positive, a negative, or no rebalance pulse depending

upon the state of the gyro output axis. A small dead band is established
around the gyro output axis null so that no pulse is called for when the
output state is within this dead band. The continuous limit cycling of the
binary system is eliminated. A very-much-simplified symbolic representa-
tion of the variable power (pulse-on-demand) mechanization is shown in
Figure A-2. Again, techniques other than the bridge switch and the
precision current source have been used to generate the reversible polarity
pulses. Magnetic core and capacitor storage discharge have been used,
but the problem remains in maintaining the constant and balanced current
pulses. An additional problem occurs in maintaining the nominal zero
rebalance torquing level sufficiently close to zero. Systems with transistor
switches in the configuration shown are most typical. Unbalanced transis-
tor leakage current in the three-way switch mechanization is the primary
source of unwanted gyro torques during the nominally zero torquing level
periods. A generalized equation describing the pulse-on-demand mecha-

nization will be derived.
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Note that in this mechanization, once the gyro gimbal is within its
null dead band, and there are no input rates to the gyro, no pulses will be
called up or applied to the gyro except as required to rebalance extraneous
gimbal torques. The expression shown in Equation (A-2) describes the
error resulting from both the pulse-weight variation the leakage current

during the no-pulse time.

Indicated v Actual
R A JA A A A A
0 0

(A-2)
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where

A3 - error introduced by the leakage current
through the torquer
+ . . . . .
w - input rate in positive direction
w - input rate in negative direction

The output count, N, will be equal to the algebraic sum of the
integral of positive input rate times its scale factor, the integral of
negative input rate times its scale factor and a bias term. The scale-
factor nonlinearity (discontinuity at zero) is caused by positive and
negative pulse unbalance, the bias term is caused by unbalanced leakage
currents occurring during the nominal zero pulse state and deviations of
the scale-factor slope from its nominal value, H/A, are influenced both

by pulse-amplitude variations and the off-state leakage currents.

It is instructive to write Equation (A-2) in another form.

T A, T A, T A T
- H _H|L + _2 -3 H -
N-AJ odt - o Af ol dt+ Af w dt + AA/lwldt CT
0 0 0

where N is the summation of pulses.

The first term is the ideal relationship. The other two terms represent
errors which are dependent upon circuitry parameters and mission profile.
It is significant to note that both error terms kinematically rectify alter-
nating input angular rates, so that drift rate will be critically a function

of vehicle limit cycling. The second term, which results from pulse
unbalance, will grow as the limit cycle w's increase, while the third term,
which comes about due to the pulse off-state leakage, will decrease as &

increases.

Once the distinction has been made between the constant and variable
power system categories of pulse-torquing logic may be discussed.
Figure A-3 presents some rather broad types of loops that are discussed

here.
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3. CATEGORIES OF PULSE-TORQUING LOGIC

3.1 SYNCHRONIZED PULSE RATE (PERIOD Ts): FIXED PULSE

3.1.1 Two-Charge State

The two-charge state system is defined by the following equations:
Pulse off time/ T, = C
Pulse on time/ T, = 1 -C

where C is a constant, 0K C < 1. When C = zero the system has two
current levels with the pulse time equal to Ts' When zero < C < 1, the
system has three current levels. However, the charge or torque impulse

produced during each clock period is one of two states. These states are
positive maximum or negative maximum.

This system dissipates a constant energy per pulse in the sensor
torquer by applying torquing pulses to the torquer at a fixed rate, regard-

less of the sensor pickoff position. Three types of two-charge state

systems are discussed below. Their characteristics vary depending on
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the relative frequency of the clock, fc, and the dynamics of the sensor.
The dynamics of the sensor can be discussed in terms of frn’ the maximum l
limit cycle frequency, which is defined as follows: given a fixed energy

torquing pulse, fm is the maximum clock frequency for which a 1 to 1
moding of the system is possible, if closed-loop operation for zero input

consists of alternating positive and negative pulses.

If fc is substantially less than fm’ the polarity of the amplified pick-
off signal from the inertial sensor controls the torque polarity of the next
pulse; however, the switching time is constrained to occur only at the
time of a clock pulse., Typically, in this case, the clock period and torque
pulse width are identical. Since fc is much less than fm’ it is possible
with no input to force the gyro gimbal to move synchronously with 1/2 f.
Under these conditions, the sensor would be operating in a 1 to 1 mode.
Typical operating curves at zero input are shown in Figure A-4. If the

sensor experienced an input, the mode would change accordingly. For

example, the mode may be 1 to 1 for a while then change to 1 to 2, and so
on. In other words, the mode will vary as a function of inputs. In this
system, instantaneous inputs are not obtainable, and only integrated ‘
results are of any value. This is the case for practically all pulse torqu-

ing systems due to their fundamental characteristic of storing information

in the float angle.

Now if fc is much greater than fm’ a torque pulse (the width of one-
torque pulse is usually adjusted to be equal to the period of fc) is not
sufficient to produce a phase reversal of the sensor pickoff signal prior
to the arrival of the next clock pulse. The result is that the float motion
no longer moves at the same fc but at some other frequency dictated by
frn and the inertial sensor's input. In this case, stable limit cycles other
than 1 to 1 can be achieved and, in fact, will be. For example, the limit
cycle may be 10 to 10 in which 10 clock pulses occur each one-half cycle
of the float oscillating period, provided zero input is applied. (For

fC > fm’ see Figure A-5.)

When the value of fc is close to that of fm’ the limit cycle cannot be
predicted unless some form of compensation is applied to stabilize the

limit cycle (e.g., toa 1 to 1 system).
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3.1.2 Three-Charge State or Pulse-on-Demand

The three-charge state or pulse-on-demand system uses three
torquer current states and has a deadband associated with the sensor

pickoff signal. The three-charge states are:
1) Full scale positive
2) Zero
3) Full scale negative

When the pickoff signal is outside the deadband, a pulse of the appropriate
polarity is applied to the torquer coil.

Typically, the pulse energy is selected in design to be equivalent to
the information stored in the sensor (a A velocity or a & angle) when the
sensor pickoff is at the edge of the deadband. When the pickoff is within
the deadband, no current is applied to the torquer.T The algebraic sum
of the pulses through the torquer as a function of time corresponds to the
change in angle rotation or velocity experienced by the inertial sensor

during that time period.

3.1.3 Four-Charge State

The charge as a function of gimbal angle is illustrated by Figure A-6.
The values of the torquing rates

’

Q Q
(-T—i and rrf)

s
depend on the system requirements.

This system's advantage is that throughout the major portion of the
mission the torquing requirement will be less than the level corresponding
to Ql; therefore, the torquer will be receiving a continuous power input.
However, a large level pulse is available for the maximum vehicle rate

to be considered during the mission.

T1f it is desired to have constant power dissipated in the sensor torquer,
the torquing pulses might be switched through a noninductively wound
resistor in the torquer when the sensor pickoff is within the deadband.
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3.1.4 Pulse-Frequency Modulation

In pulse-frequency modulation systems, the pulse width is fixed
and the pulse frequency is made proportional to some function of the

sensor pickoff angle.
3.2 SYNCHRONIZED PULSE RATE (PERIOD TS): VARIABLE PULSE

3.2.1 Pulse-Width Modulated Systems, Two, or More Current Levels

Pulse width is modulated to within TS/N, where N is an integer.
Many techniques are available, only one of which will be discussed
here. This system employs two clock signals, fcl’ and ch’ which are
derived from the same source. A low-frequency clock, ch’ is used to
switch the logic circuits so that a particular polarity of torque is applied
regardless of the sensor float position. A signal derived from the float
position in conjunction with a high frequency clock signal, fcl’ is used to
determine the precise time of the torque reversal, which always occurs
in synchronism with the fcl pulse train. By this means a pulse modulation
system is achieved (see Figure A-7.) The relative widths of the torquing
Pulses may be measured by using the logic circuits to gate the high-

frequency clock pulse, Fcl’ to a counter,
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3.2.2 Nonsynchronous Pulses

There appears to be little advantage to fixed pulse width, nonsyn-
chronous systems. The most desirable of the nonsynchronous approaches
appears to be a nonfixed pulse width system wherein the total energy of
each pulse is accurately measured. (Of course, the concept of measuring
the pulse energy to improve accuracy is applicable to all the systems
discussed so far and, in fact, is often implicitly used.) Nonsynchronous
systems, if desired, could be subdivided into systems similar to syn-
chronous systems. As an example, consider a two-charge state, bang-
bang, nonsynchronous system. The torquing signal would have two states,
full positive or full negative. A negative signal from the sensor pickoff
would turn on the full positive torquing current (this current would continue
until the sensor pickoff was generating a positive signal. Then the torqu-
ing current would be switched to negative until the sensor pickoff signal
changed state. Finally, a measurement of the applied pulse width and

pulse area would have to be made.
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APPENDIX B

STRAPDOWN GUIDANCE SYSTEM DYNAMIC PERFORMANCE

Strapdown and gimbaled inertial guidance systems, because of their
physical differences, perform differently in the operational environment.
The strapdown guidance system performance is more susceptible to
vibration environment and computational errors than the gimbaled system,
but is less sensitive to some of the error sources that affect gimbaled
systems. This appendix has been included to identify the error effects
which are important to the functioning of the strapdown guidance system
in the operational environment, so that strapdown system performance
can be compared with the more familiar and widely analyzed gimbaled

system performance.

1. STRAPDOWN GUIDANCE SYSTEM PERFORMANCE FORMULATION

Strapdown system synthesis and system performance evaluation
involves the properties of the inertial instruments, the associated
instrument control electronics, the digital computer, and the software
programmed into the computer. Rebalance instrument loop designs must
be achieved which meet performance criteria under vibrational environ-
ments and large vehicle motions. The properties of the digital computer
such as the errors associated with computer algorithms, the computer
sampling errors, and round-off errors must be considered jointly with

the properties of the instrument loops.

The system synthesis process logically starts with the establishment
of the environment in which the system must operate. The most signifi-
cant environmental inputs which must be defined are linear vibrations,
angular vibrations, vehicle control motions such as limit cycles and
body-bending mode rotations, the maximum input levels of acceleration
and angular rate, and gross vehicle reorientation requirements associated
with the particular trajectory. In establishing the input environment under
which the strapdown system must operate, any local mechanical reso-
nances associated with the system supporting structure or any internal

resonance must be considered.
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Based on the environment specification under which the system must
operate, a preliminary design for the instrument and rebalance loops is
accomplished. Of course, fundamental to any system design is the choice
of appropriate inertial sensors and specification of required performance
and functional properties. The synthesis of instrument rebalance loops
requires that the loop designs must first meet relatively conventional
criteria such as dynamic stability, dc bias stability, and ability to
operate without saturation under the maximum specified input environ-
ments. Also of fundamental importance to rebalance loop design are the
phenomena such as vibration rectification errors, gyro float excursion
under large angular rates, and accelerometer pendulous mass excursion
under input accelerations, all effects to which strapdown systems are

particularly sensitive.

The dynamic errors which result from vibrational inputs as well as
vehicle limit cycle motions are discussed in greater detail below, and
expressions for these error sources are given. The next logical step in
the design process is to accomplish a worst-case analysis of each of
these error sources individually. In order to perform such a worst-case
analysis, each error source is assumed to be excited by an environment
in a manner such as to maximize each error source individually. Also,
tolerances on loop parameters that affect these error sources are assumed
to be in worst-case conditions. The objective of such a worst-case
analysis is to ensure that no single error source can exceed some
reasonable performance criteria based on the assumed environment and
on the overall mission requirements. Based on the above worst-case

analysis, design iterations are accomplished as required.

The above type of worst-case analysis, although highly useful in
ensuring that the error sources are bounded, is nevertheless a highly
conservative method of estimating system errors. In order to be useful
as inputs to an overall system error model, realistic input environments
must be assumed. In worst-case error analysis, the environment is
assumed to always act in a direction such as to maximize a particular
error source. In a real vehicle environment, this is generally not the

case. The direction of a particular form of environment can be expected
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generally to vary with time. Also, over the mission duration, the magni-
tude of a particular environment will vary with time and discrete events;
for instance, the staging or maximum mach number regions will generally
result in significantly higher environment than in the intervening periods
of time. Hence, these factors must be included in the development of an
overall system error analysis by appropriate judgment as well as utili-

zation of existing and previously acquired data from other vehicles.

The errors which are identified in the next sections and which must
be evaluated for inclusion in the overall system error model can generally
be grouped into two categories. The first category of error sources is
one in which the errors mani ves as disiurbance torques in
the instruments. Such errors include spin input rectification, vibro-
pendulous error, anisoinertia, etc. These errors either arise internally
within the instruments or are due to the combined performance of the
instrument and its individual rebalance loop and are essentially independent
of the digital computer. The second category of error sources, which
includes coning, fictitious coning, and sculling errors, must be evaluated
by considering the instrument loop and the digital computer properties
jointly. The first category of errors are generally analyzed by techniques

that make nea nf digil-q'l comnut

e L2 mn ~ ~
B v

SimMuGialion pirogiaius develuped at TRW.
The second category of errors, which include such effects as computer-
sampling errors as well as algorithm errors, can be estimated by these
simulation programs and by linear analytical techniques, but generally
require the use of different, more specialized, digital computer simu-

lation programs to accurately evaluate their magnitudes.

These two categories of errors will be separated into sensor-
induced rectification and computer-induced errors for the ensuing

discussion in this appendix.

2. RECTIFICATION AND DIRECTION COSINE ERROR

The inertial components (gyros and accelerometers) of a strapdown
guidance system are usually mounted directly to the spacecraft without
benefit of vibration-absorbing material. Therefore, these gyros and
accelerometers are subjected to the same vibration environment as that

of the mounting surface. For reliable prediction of system performance,
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an accurate estimation of inertial component errors due to vibration must
be made. In addition, the accuracy of solution of the strapdown system
equations is critical to the proper performance of the system. If the
computer errors for the attitude reference, velocity integration, and
alignment equations are made sufficiently small by the selection of the
proper equations, word size, and iteration rate, it will follow that the
errors made by the same computer on the other computations can be made
negligible. Only the most important of these, the direction cosine errors,

will be discussed here.

The types of errors to be discussed herein are usually divided into

two groups that are commonly referred to as
1) Rectification errors (includes the following):

Spin-input rectification
Spin-output rectification
Accelerometer vibropendulosity

Fictitious coning
2) Direction cosine errors (classified by the following effects):

Drift errors

Orthogonality errors.

The rectification errors are related to the inertial reference unit
(IRU) as opposed to the direction cosine errors which are associated

primarily with the digital computer and software.

Fictitious coning is given special consideration in the ensuing
rectification error discussion since it is also affected by lack of perfect
computer computations. Each of the effects listed under direction cosine
errors is discussed with regard to their causes to define clearly their

cause-effect relationships.

The effects of vibrations on the attitude reference are quite complex
and usually not negligible. A closed-form equation for the errors of the
gyroscope/computer system when subjected to arbitrary inputs is neither
available now, nor is it likely to be. Digital simulation does provide a

convenient and meaningful analysis of the system errors.
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Certain results are available which, although they fall short of the
complete analysis required, are nonetheless instructive in that they give
an insight into the problem and, in addition, furnish approximate and
convenient estimates of the system errors. These techniques are dis-
cussed in detail in the references of this report and some of the results

obtained are abstracted herein.

3. RECTIFICATION ERRORS

The process by which each of the above rectification errors occurs
is explainable by similar phenomena, i.e., in each case, two separate

s medial o m i mn e o ameer am o 4.
rent Ciis

and combine in time domain multiplication (TDM). The average value of
this TDM constitutes the rectification error. A mathematical model of

the rectification phenomenon is shown in Figure B-1.

f k
(1) » he) (1)
TPM x(f)
LT' %(f) = AVERAGE VALUE OF
alt) Y r(t) x(t) x(t)
Figure B-1. Rectification ModelT
T

Note that h(t) and p(t) are merely time domain counter-
parts of sensor loop transfer functions.

The vibrational inputs, f(t) and g(t), in Figure B-1, are considered
to be excitations acting along (translation) or about (rotation) spacecraft
fixed axes. The impulse responses, h(t) and p(t), are the responses of
linearized sensor servo loop paths associated with these axes. The
prediction of rectification errors, as presented here, is contingent upon
two factors. First, the sensor loops must be representable by a linear
model. Second, and most important, an accurate description of the

excitations, either deterministic or statistical, must be known.
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If these inputs can be described deterministically (sinusoidal, con-
stant, etc.) then the output, x(t), can be predicted exactly as a function of
time. However, when the inputs are nondeterministic or random in
nature, then no exact solution can be found. Instead, only statistical
means can be employed to demonstrate a most probable value for x(t).

This most probable value, or mean, will be denoted by x{f).

Several forms of a general solution for this average error have

been derived. One form is a time domain solution to random excitations,

x(t) = fm ng(m[f_m h(B+Y)p(v)dY]d(3 (B-1)

and the alternate frequency domain solution is

x(t) =+fOTP(jw)|| H(jw)| R, [afgw)] cos (6 -0 )dw

_"Tlr__/(;lp(jw)HH(jw)I I Léfg(w)] sin(eP—GH)dw

1

(B-2)

The symbols ng and q’fg indicate correlation and power spectral

density representations of the general environments, f(t) and g(t).

Equivalent forms of these equations can be derived pertaining to a

sinusoidal environment.

3.1 Gyro-Accelerometer Model

To demonstrate how each of the rectification errors is related to the
mathematical model above, a basic IRU configuration is assumed. This
IRU contains three single-degree-of-freedom, rate-integrating gyros and
three damped pendulum accelerometers. Each of the six instruments
operates in conjunction with an electrical rebalance loop. As can be
shown, certain of the error sources considered are functionally related

to the dynamic response characteristics of the closed instrument loops.
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Hence, certain closed-loop relationships can be developed from which the
dynamic errors can be derived. In the ensuing analysis because of the
similarity between the gyro and accelerometer closed loops, a single
derivation was accomplished in sufficiently general form to allow its use

in the analysis of either instrument. That is, a basic gyro instrument
model was used for the derivation, but the equations that were developed
also assumed the existence of a pendulous mass attached to the gyro float.
Hence, the resulting expressions apply to a gyro loop if the pendulosity is
taken to be zero and apply to an accelerometer loop if the wheel momentum

is taken as zero. The instrument model is represented by Figure B-2.

The general equation resulting from the derivation is

Iye + C6 = La+Her-ml aX+Le-Iwa (B-3)
where
= ' W - - -
Le Le XwZ(Ix IZ) Hrewz +m!9az (B-4)
L ' = error torques (biases, scale factor errors.
e unintentional mass unbalances)
La = electrically applied torque by means of the
instrument torquer
Iy = float moment of inertia about output axis
C = viscous damping coefficient
Hr = angular momentum of gyro
ay;a, = components of case acceleration relative to
inertial space along the case X and Z axes,
respectively.
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where

X, Y, Z instrument case fixed axes

X, V, Z axes fixed to inner member

6 rotation of float relative to case

ow angular velocity vector of gyro wheel

m pendulous mass

JJ effective moment arm of pendulous mass
w angular velocities

Figure B-2. Combined Sensor Model

These equations apply to either type of instrument (gyro or
accelerometer) considered in this report. By letting Hr be zero, the
equation of a damped pendulum results; and by letting mf be zero, a
single-axis gyro is represented. It can be shown that the equation may
be used to describe the basic instrument rectification errors: spin-input,
spin-output, anisoinertia, vibropendulous, anisoelastic, and cylindrical

torque rectifications.
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Since La is defined as a linear function of € during closed-loop
operations, Equations (B-2) and (B-3) are linear but the last three terms
in Equation (B-4) are not. The term involving the product of w 5 and w,
would not, by itself, preclude the use of linear analysis techniques to
obtain the solution of these equations, since it involves only external
forcing functions and is not a function of 6 , the float angle. Hence, it
is only the terms Hrewz and mleaz which preclude general linear
solutions of Equations (B-3) and (B-4). However, in deriving the
expression for dynamic rectification errors, general solutions are not
required. Instead, these rectification errors can be defined in terms
of the steady-state rectification errors for either sinusoidal or stationary

gaussian random inputs.

3.2 Spin-Input Rectification (SIR)

The general equations that were presented above will now be applied
to an error phenomena commonly known as Spin-Input Rectification (SIR).
This error is caused by vibratory angular excitations acting on a space-
craft simultaneously about the spin and input axes of a gyro. The following
discussion demonstrates the mechanism by which SIR occurs in a gyro
loop. The parameters used in this demonstration are then related to the

appropriate parameters of the general form for x(t).

3.2.1 Gyro Model and SIR

A linearized block diagram that is representative of a typical SDGS
gyro loop is shown in Figure B-3. In essence, the operation of the loop
is based on nulling the angular float motion by means of a feedback
torque. To accomplish this nulling, the gyro pickoff signal is amplified
and converted to a current which drives an output axis torquer in a direc-

tion opposite to that of the float motion.

The symbol, wp (s), represents the angular rate acting on the
spacecraft along the gyro input reference axis. The symbol, Drng (s),
indicates the input rate as measured by the gyro loop. Symbol, 0 (s), is
the gyro float offset angle from null (caused predominantly by uoI(s) and

the gyro dynamics).
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Figure B-3. Linearized Gyro Loop Block Diagram

By reduction of the block diagram to conventional transfer function

form, a closed loop expression for 6 (s) is obtained:

HI'
sl s+ C) + Fls)K @; (s)- (B-5)

8(s)

If the vehicle also happens to have a component of its angular rate acting
about the spin reference axis of the gyro then some of this rate com-
ponent will couple into the loop when 6 is non-zero. This coupling is

illustrated in Figure B-4.

Inspection of Figure B-4 shows that for 6 non-zero, a component
of O the spin reference axis rate, will fall along the instantaneous input
axis. Moreover, for a well-designed gyro loopT, the magnitude of this
component will be wg 6. It is this unwanted input that causes SIR. In

particular, SIR is defined by

sIR £ oy 0 - B(D), (B-6)

TThis reliance on good loop design is based on an assurance that 6 is

always being nulled so as to be a small angle. Therefore, it is justifiable
to approximate sin 6 by 0.
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. T » INPUT AXIS, ews

SPIN AXIS RATE, w,

OUTPUT AXIS

Figure B-4. Pictorial Representation of Gyro Float Motion

where the bar again denotes time averaging. For purposes of identifica-
tion, SIR will be denoted by A(t).

It is appropriate to point out that the introduction of an extraneous
input, namely w8, into the gyro input would have some effect on 6.

Although this is true, since 6 is a small angle, it also follows that

W >> w_8 (B-7)

Therefore, it is concluded that the additional input furnished by w s 6
has a negligible effect on 6 . By this token, the validity of the previously

presented expression for 8 (Equation B-5) is maintained.

To evaluate SIR as given by Equation (B-6), the following facts are
reiterated:

1) By Equation (B-6) SIR, A(t), is the time average
of w_(t) - o (t).
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2) 6(t) is excited only by wI(t). In frequency domain form,
this condition is given by Equation (B-5).

3) Bothwi(t) and wg(t) are assumed to be given random
processes that are both stationary and ergodic.

It is convenient to present a block diagram representation of SIR
phenomena. This diagram, Figure B-5, assists in relating the above

facts to the general conditions of Figure B-1.

A direct comparison, element-by-element, of Figures B-1 and

B-5 clearly establishes the following relationships:

Figure B-1 Elements Figure B-5 Elements
£(t) w ((t)
g(t) w(t)
h(t) L-l[%(s)]
I
p(t) L]
k(t) ® )
r(t) ws(t)
*) 6 (8) w(t)
W, (t)
L L™ [ weI (s)] o)
() - w (1)
™M ——»
w, (1) ] w (1 T (1) - w, (1) = TIME AVERAGE
—> L [1] 2 (OR SIR)

Figure B-5. Spin-Input Rectification Error Model
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Therefore, it can be concluded that SIR phenomena do belong in the

category of errors described by Equations (B-1) and (B-2).

If the SIR error is expressed in the general frequency domain form

indicated by Equation (B-2), it appears as

3 8.
o) . ws(t) = fl (Gw) e[ Is(w)] cos {A»I(Jw) dw
Al
Im [‘PIS(w)] sin {Lwl (Gw) dw (B-8)

where & IS(m) is the cross power spectral density function of the assumed

random time variables wI(t) and ws(t).

3.3 Rectification Error Characteristics

It follows by similar processes that the other rectification errors
can be evaluated under random inputs. The derivations are not presented
here, but the results are summarized in Table B-I which shows the
relationships between the variables of Figure B-1 and the rectification

error variables.

Of particular note in Table B-I are the latter two gyro rectification
errors being considered in this discussion. These are due to anisoelastic
and cylindrical torque errors. Both of these error sources generate
torques about the float because of components of linear acceleration along
the spin and input axes and may be represented (refer to Equation (B-4))
by torques comprising the term L . A detailed description of the basic
mechanism giving rise to these torques will not be given here because
they are well documented in available unclassified literature, and
because such errors are not peculiar to strapdown systems. Instead,
the final drift rate expressions associated with each and a brief descrip-
tion of the terms involved are presented. These error torques are
generated within the instrument, are essentially independent of the param-
eter s of the gyro rebalance loop for a strapdown configuration, and are

dependent only on the accelerations to which the gyro is subjected.
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Table B-I. Identification of Rectification Symbols
(Frequency Domain Solution)

Error Term £(t) g(t) [H(jw)l [P(jw)] Oy op
Spin-Input 0 .
Rectification wot) | wa(t) — (jw) 1 O (jw) 0

I S wy Wy
Spin-Output wg® | wglt) 9 Gw) 1 L_e_( i) 0
Rectification “o Yo
. . . . _1
Anisoinertia wl(t) W (t) Ix -1 ” Hr 0 0
1
Anisoelastic G4 (jw) H Z_G4(J w) 0
Rectification aI(t) as(t) T
Cylindrical 1 T
Torque a.(t) aL(t) IG (jw)l H E’ (Gw) +5 0
Rectification I S 5 r > 2
Acpelgrorn_eter 1 0
Anisoinertia w.I(t) w 1:)(t:) Ix - Iz - 0
Accelerometer 0
Vibropendulosity| a_(t) a_(t) £ (jw) 1 Z;— (jw 0
I P 3 2
Untitled in 0
Literature w (t) | a_(t) — (jw) 1 Zi(jw) 0
o ) w W

NOTE: Subscripts o and p refer to output and pendulous axes, respec-
tively. Symbols G4 and Gg are frequency-sensitive coefficients
pertaining to the particular drift effect.
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3.4 Coning Errors

The evaluation of coning motions under random environments has
not been included in Table B-1I since this error source requires special
treatment. That is, the basic equations describing coning errors are not
directly analogous to the equations for the other error sources. Some
preliminary steps are required to express the coning error terms in a

form to which Figure B-1 can be applied.

Coning errors presented here are basically IRU related but are
affected by the computational errors experienced under coning motion.
To this end, it will be useful to represent pictorially (Figure B-6) the
angular information flow from the IRU to the digital computer. The sig-
nal flow elements left of the dotted line represent the approximate form of

small angular motions assumed to be acting.

X
o, - w B
Px d/dt x+ a 9 = —P Pxc
¢y =wy BY DIGITAL
Py d/dt 9y COMPUTER |——p 9,
UNIT
¢ =wz B
%, d/dt = 9, = ——» 9,c

w, = ANGULAR RATES MEASURED BY THE GYROS
g; = GYRO DYNAMIC TRANSFER CHARACTERISTICS
B. = INDICATED GYRO OUTPUTS; IDEALLY THE GYRO
' OUTPUTS ARE PROPORTIONAL TO THE INTEGRALS
OF THE RESPECTIVE INPUT ANGULAR RATES
;.= COMPUTED VALUES OF THE INPUT ANGLES ¢

%x = COMPONENT OF CONING INDUCED AREAL VELOCITY

Figure B-6. Information from IRU to Computer
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Referring to Figure B-6, consider the motion of the rigid body to be
such that the angles ?q (assumed to be small) can be characterized by
random time functions. Furthermore, assume w_ = 0, ¢ <« ¢Y, and ¢
< ¢z' In a real environment, these assumptions would not generally be
true. However, the use of such assumptions essentially reduces the
problem to one of analyzing coning drift rate about a single axis and
results in significant simplification of the algebra. In the general case
where the restriction on the relative amplitudes of the three components
of rotation is not applied, it can be shown that coning drift rates are pre-
dicted about each axis. The magnitude of each drift rate is then given by

the results for the single axis case.

For the single axis case, the true vehicle coning about z axis may

be expressed as
b (1) = 1/2(9. 9, - 9,9) (B-9)

For the case of an idealized digital computer, the computed values

of the single-axis coning drift rate are given by

by (8) = 1/2 (B B, - B,B,) (B-10)

It should be noted that the above equation for the assumed case of an
ideal computer includes no functiunal parameter that is associated with
computer sampling effects. Due to such sampling, random input noise
components above the sampling frequency are ''folded down' and contribute
to the output noise content below the sampling frequency. A rigorous
treatment of the case of sampling has been accomplished for specific
inputs only. However, evaluation of the error for the specific random
input is rather laborious and the form of the resulting expression is such
that it gives no insight into the mechanism of error propagation nor into
the sensitivity of the result to changes in assumed parameters. Use of
the concept of an ideal computer allows a relatively simple analytical
treatment and in fact can result in a reasonably good approximation. The
effects of a non-ideal computer are treated in the following discussion.

Hence, the error in computed coning drift is defined as the difference
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between the actual and computed values. Mathematically, the difference

appears as

(B-11)

or, after expanding in frequency domain parameters,

©
: 1
e¢x = e f wIm {Qyz}[l - lel ) IGzl cos {éGy - ZGz}] de

o

1 .
- = w IGy_I . |Gz| R, {<1>Yz} sin {AGY - £G_} dw (B-12)

()\)8

where the gyro transfer functions, G: are defined by the Laplace trans-
forms as

B
;; (S) = Gi(S) (B-13)

3.4,1 Environment Characteristics

A highly significant fact which may be observed by inspection of
Equations (B-2) and (B-12) is that, in order to completely evaluate these
rectification errors, as well as others applicable to a strapdown system,
it is necessary to completely define the power spectrum of the input en-
vironments in terms of both the real and imaginary parts. An equivalent
statement may be made after referring to Equation (B-1). That equation
demonstrates a fundamental relationship from which time domain expres-
sions for rectification errors may be derived. That relationship implies
that the environment should ideally be defined in a manner so as to show
the true correlation between orthogonal components, such as by cross-

correlation functions.

However, this ideal is at present not generally realizable, primar-
ily because of the lack of adequate test data from existing or previously
developed vehicles. In order to allow such definition, the test data should
be instrumented over sufficiently wide bandwidths along three orthogonal
axes, and cross-spectral analyses performed. The realization of such a
goal could be accomplished in a relatively straightforward manner once

the requirements were established.
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The presently used alternative is to base system accuracy predic-
tions on only the estimated magnitude of the environment. Additional
conservatism is also applied by evaluating worst-case errors obtained
through application of the environment in a direction relative to the IRU
reference axis so as to maximize each individual error source. Figure

B-7 illustrates this as a visual interpretation of this concept.

In Figure B-7 the axes of n(t) and € (t) represent the axes along
which data is taken to evaluate the environment. The axes along which
the system inputs are measured correspond to those of f(t) and g(t). The

angle between these two sets of axes is denoted as ¢.

Only the simple two-dimensional case will be considered here. It
is assumed that the axes of n(t) and £(t) are normal to each other and that

the axes of f(t) and g(t) are also perpendicular.

It can be shown that the average error associated with this condition

is
@) - T) = C2D+(A2B)sin2¢+(c—;—D)cos 2¢ (B-14)

where

A = Ziﬂ f P(jo) H(-jo) & (0) dw (B-15a)

B - 21; f P(jo) H(-jo) @, (w) do (B-15b)

c =5 [ PGo) H-jo) 8, (@) do (B-15¢)
and

D = -?:1; j P(ju) H(-j) & (v) dw (B-154)
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Figure B-7. Nonparallel Instrument/Data Axes

Equation (B-14) was derived in order to illustrate the dependence of
rectification errors on IRU orientation. The terms involving the integrals
C and D contain the cross-correlation information between orthogonal
axes. Without knowledge of the specific functional form of the environ-
mental cross-spectral density functions, which are implicit in these two
integrals, it is not possible to make any general statements regarding
their relative importance. Obviously, it is also not possible to evaluate
these terms. With regard to the term containing the integrals A and B, it
may be observed that its maximum absolute magnitude occurs when ® is
45 deg and when the assumed difference between the two integrals is

maximized.

From the definition of these integrals, Equations (B-15a) and
(B-15b), it may be observed that they are of the same sign since power
spectral density functions are real and positive. Hence, this term is
largest when either integral is assumed zero, resulting in a worst-case

condition.

3.5 Analytical Computation of Rectification Errors

Subsections 3. 1 through 3.4 present the general solution for the drift
rate caused by rectification errors in a strapdown IMU subjected to random
vibrations. A computer program exists for performing the necessary inte-
grations. This section presents a solution for the special case of a single
input where both the transfer functions and input power spectral density are
rational functions of frequency. A particularly simple result is obtained
when the spectrum is that of a first order Gauss-Markov process. The

answer is obtained without the necessity for numerical integration.

-329-




3.5.1 Derivation

Consider the situation shown in the following block diagram:

Figure B-8. Mathematical Block Diagram

We are required to find the mean value of z given the power spectral den-

sity of x.
zZ = Xy (B-16)

where the bar represents a time average. By definition, the cross cor-

relation function of x and y is
T) = x(t)y(t+T B-17)
Py (T) (thy(t+T) (
provided x is stationary and ergodic. Therefore

z = Py (©) (B-18)

The cross correlation function of x and y is the inverse transform of the

cross power spectral density.
jo

j

1 ST

Py (0 = 253 [ ey (s) e ds (B-19)
-

therefore

j°

- 1

2 = 7o f L (s) ds (B-20)
-
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By the residue theorem,
z = -ZRes (ak) (B-21)

Where a, are the poles of <I>Xy (s) in the right half plane, If QXX {s) is the

power spectral density of x then
<I>xy(s) = G(s) <I>XX(s) (B-22)

For a stable transfer function, G(s) will have no poles-in the right half

plane.

3.5.2 Simplified Case
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first order Gauss-Markov process

2
Zwow
Qxx (s) = (s + w,) (-5 + w,) (B-23)
0 0
and
Zwocz
Qxy (s) = Gi(s) (s + wo) (-s + wo) (B-24)
For this case there is only one pole in the right half plane, ats = wg -
Therefore
- 2
zZ = 0 G(wo) (B-ZS)

3.5.3 Example - Spectrum Approximation

An angular rate spectrum is given in a straight line plot in Figure B-9
where this spectrum approximates that of Paragraph 4.4.4, Figure 4-6.

It may be approximated as follows:

) (B-26)

L+ (

o=
N
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Figure B-9. Power Spectral Density (Log Scales)

The standard deviation is given by

w
2
2 _ .025 g _ de
o’ = f——— ¢ = .0785(—3-sec) (B-27)

2
f
1+ (2)
Conversion from degrees to radians lets us express the spectrum as in

Equation (B-23).
Zwocz
Puw = (s +up) (-5 + o) (B-28)

where

e® = 2.4x 107 (rad/sec)® (B-29)

wy = 2w -2 = 12.56 rad/sec

3.5.4 Example - Spin - Input Rectification

The rate described by the above spectrum is applied about an axis

in the plane of the gyro input and spin axes at an angle { from the input

axis. As is well known, the spin-input rectification drift computation for

this situation may be approximated by the block diagram on the following

page.
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Figure B-10. Spin-Input Rectification Block Diagram

Where
w, w o are the input and spin axis rates
6 is the float angle
G (s) is the transfer function from input axis rate to float angle

From the derivation above we have the mean drift rate

BR = 0'2 sin Y cos Y G (wo)

Suppose i = 45 deg

5x10‘5(z—2—0+1) .

G (s) = (B-30)
" (g ) (e ) (B ) (e

Then Gp = 6.10 x 1070 rad/sec = 0.000127 deg/hr.

3.5.5 Example - Fictitious Coning

The case of fictitious coning is more complex than spin-input recti-
fication. However, it is shown in Subsection 3. 6 that fictitious coning
may be put in the form of Figure B-10 if

1

G (s) =

[Gy(s) - G, (s)] (B-31)

TEq (B-30) gives the transfer function for a pulse rebalance loop developed
at TRW Systems (Ref B-1). It is considered to be reasonably typical.
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Where G1 (s) and C}2 (s) are the transfer functions from input rate to out-
put rate of gyros 1 and 2 and the rate is applied about an axis in the plane
of their input axes at an angle { from the gyro 2 input axis. Therefore,
we have
5 = o sin  cos ¢-1— (G, (w,) - G,(w,)] (B-32)
F wg 170 2'70
1t should be noted that Equation (B-31) may not be infinite at s = 0.

Therefore

G,(0) - G,(0) = 0 (B-33)

must hold. This is the normal case for properly designed systems. Now

let ¢ = 45 deg as before and

o (30 (s )
: (5’?{%’255 “) ('5'27“_8'3-13{3 “) (Tﬁ “) (zfsg “) (10312 “)
(B-34)
- o) (1)

(s ) Gpet) ho) @s +1) (55557 +)

Then Gy, = 1.658 x 10"9 rad/sec = 0.000342 deg/hr.

3.6 Fictitious Coning

A coordinate system can be changed from any orientation to any
other by a single rotlation about an axis fixed in space., Let eo be the
amount of the rotation. Construct a line segment of length 6, along the
positive direction of the axis of rotation. Let the projection of 60 on the
i th axis of the coordinate system be 6, . Then the 6, define the final ori-
entation of the coordinate system with respect to the initial orientation,
The ei satisfy the relationship
2 .2 )1/ 2

6, = (62 +0% +o

0 1 2 3 (B-36)

Let the quaternion that defines the final orientation with respect to

the initial orientation be p. Then
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0 0
p o= (8,i+0,]+ e3k)—él— sin—2 + cos =2 (B-37)

0 2 2
The differential equation defining p in terms of the quaternion of the angu-

lar velocity of the coordinate system, w, is
. w
P =P (B-38)

If all terms of higher than first order in the ei in Equation (B-37) are dis-
carded and the result is substituted in Equation (B-38), differential equa-
tions for the Oi are obtained which are valid for small changes in

orientation,

3
2

D.
|

L (6 -0

23 = 83w,)

1
w2+E(9 0

.
I

391 = 8yw;) (B-39)

0

1
3 = w3 t3(00,-0,0))

For small ei, the major contribution to éi comes from the left hand terms

on the right hand sides of Equation (B-39). Let

$. = w, i=1,2,3 (B-40)
Then Equation (B-39) may be approximated by

]

]
i A e T a )

D.
i

]
2 = 9yt (830 - ¢y0,) (B-41)

. ]
03 = w3 +5(0,0;, - ¢,0)

Now let wi be the outputs of the gyros

wi’ = Gi(s) w, i=1,2,3 (B-42)

and let
¢; = w{ i=1,2,3 (B-43)
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The computer, attempting to perform Equation (B-41), will actually
perform

At - 1 i_ 1 \ 1 1

6] = v +3(9, w3 -3 @)

. . 1

6, = w, +5 (9, wi -¢i w3') (B-44)
0! = w! +—l-(¢' wh -9l wr)

3 3 T2 %2 2 “1

Now let the error rate be

AG, = 6' -8, (B-45)
1 1 1
and let
w' = w 4 Aw,
1 1 1
(B-46)
1 —
9, = ¢t D%

Now by substituting Equations (B-46) in (B-44) and the result and (B-41)

in (B-45), discarding second order terms in Aw and A¢, we obtain

Aél

1
Awl + > (¢2Aw3 + A¢Zw3 - ¢3Aw2 - A<p3w2)

NG

1
5 = Buy + 3 (980 + Agsw) - ¢ B0, = A9 W) (B-47)

: 1
A63 Aw3 +3 (¢1Aw2 + A¢1w2 + ¢2Awl - A¢2w1)

The mean drift rates are

1
AOl = E(¢2Aw3 + A¢Zw3 - ¢3Aw2 - A¢3w2)

1
88, = 5 ($;00) + Ap w) - ¢$)Bw,y - A¢ wy) (B-48)

>
@
i

1
3 7 3 (900, + A9 0, - 9,80, - Apy0)

since the Aware assumed to have zero mean. Now ‘sappose that the input
rate w is applied about an axis in the plane of the input axes of gyros 1 and

2 at an angle  from the gyro 2 input axis. Then
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W, =W sin ¢
w, = wcos Y (B-49)
wy = 0

From Equations (B~42) and (B-46) we have

Awi = [GI(S) = l]wi i=1,2,73 (B-50)

and from (B-40) and (B-50)

9, = %wi i=1,2 3 (B-51)
From (B-48)
—A_EI = A_é; = 0 (B-52)
a6, = %(‘”1 Awy + 8y wy = 95 Aw) - B¢, o))

Each term of (B-52) may be evaluated separately. The block diagram of

the first term is

—p] SINy » 14

ﬁ(&’_’ ¢] Au2

Wy sz
—P] COSy —p Gz(s) -1

Therefore

<§¢1Aw2(s)= (-:l-é) [GZ(S) - 1] sin § cos wa (s) (B-53)
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The block diagram for the second term is

] Ad I
— | sing 1k [G] s) - ]
_W_’ A¢]u2
“2
——p{ COS ¢
Therefore
1 .
¢w2A¢1(s) = -;[Gl(s) - 1] sin Y cos ¢ @ww(s) (B-54)
The block diagram for the third term is
P Aw]
——p] SINy —P G](s)-]
—£ p ¢2Au]
) ®2
—Pp COSy p——Pp1 1/

Therefore

29,00 (8) = (.Ls) [Gy(s) - 1] sin y cos ¢ @ (s) (B-55)
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The block diagram for the fourth term is

—p{ SINy

L] cosy _w‘?_’ 1/s [G2 (s) - ]] _A_¢2_]

Therefore

) (s) = %[Gz(s) - 1] sin Y cos ¢ me(s) (B-56)

wlAqu

From Equation (B-20)

joo
. 1 1
A8, = 5— = |® + & -3 -3 ds
3 21j U 2 [ ¢1Aw2 wZAgbl ¢2Aw1 w1A¢Z]
(B-57)
From Equations (B-53) - (B-57) we obtain
jco
: 1 1 .
A63 = Z—TT_] / E[Gl(s) - Gz(s)] sin Y cos Y @wm(s) ds (B-58)
..jco
If ibw(s) is given by Equation (B-28) then, by the residue theorem
A, = %L G,(wy) = Go(w,)] sin ¢ cos (B-59)
3 @y 1'70 2'70
If we define
1
G(s) = < [G(s) - G,(s)] (B-60)
then fictitious coning may be put in the form of Figure B-3.
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4, DIRECTION COSINE ERRORS

The strapdown system components are subjected to an angular rate
environment considerably more severe than that which occurs on a stable
platform. These angular rates have several effects, including the fact
that the linear acceleration is measured in a rotating coordinate system.
This effect can be made negligible. Another effect on the linear acceler-
ation measurements is the error which occurs if all three accelerometers
are not located at exactly the same point. This error is generally negli-
gible, and if not, it can be readily compensated for by the flight com-
puter. In this Section the effects of the angular rates on the direction
cosine matrix will be considered. The errors of the direction cosine

matrix may be classified as follows:

Drift errors
Orthogonality errors

Scale errors

Skew errors

They also may be classified by source as follows:

Commutativity errors
Quantization errors
Truncation errors

Roundoff errors

The cause-effect relationship is symbolized in the following Table
where the presence of an "X'" means that the indicated cause can result in
the indicated effect:

Table B-II. Cause/Effect Relationships of Direction Cosine Errors

Cause Effect
Drift Error Orthogonality Error

Commutativity
Quantization

Truncation

MooX XX

Roundoff
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" These relationships may be described in the following manner.

Consider an orthogonal triad of unit vectors, Let them each be
transformed by the direction cosine matrix and examine the resulting

errors.

4,1 Drift Errors

The transformed vectors may be rotated as a group from a set of
vectors transformed by an ideal direction cosine matrix. The rotation

may be described by three small angles, the drift errors.

4,2 Scale Errors

The lengths of the transformed vectors may differ irom unity. The

three differences are the scale errors.

4.3 Skew Errors

The angles between each of the three pairs of vectors may differ
from right angles. The differences are the skew errors. Scale and skew
errors cannot exist if the direction cosine matrix is orthogonal, and are

therefore referred to as orthogonality errors.

4.4 Commutativity Errors

The existence of commutativity errors in a strapdown attitude ref-
erence comes about not from any fundamental principle, but from the way
in which most strapdown gyroscopic sensors are implemented. That is,
the components of angular velocity are individually integrated, sampled,
and quantized, and the resulting increments of angle are all that is avail-
able to the algorithm that determines attitude. The information as to the
variations of the direction of the angular velocity vector during the sam-
pling period, contained in the unmodified components of angular velocity,
has been lost. The typical algorithm assumes that the direction of the
angular velocity vector is unchanging during the sampling period. When-
ever the assumption differs from the actuality, commutativity errors

occur,

An appropriate test case for commutativity errors is a circular

coning motion. For such a motion the vehicle angular velocity is
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0
w = ¢ Qtanacos Ot (B-61)
Q tan a sin Ot
where

a = the coning half-angle (rad)

Q = angular frequency (rad/sec)
w = angular velocity (rad/sec)
t = time (sec)

It has been shown that (Ref B-2) for a < 10 deg and for sampling rates
greater than about 2 samples per coning cycle, the drift rate due to com-

mutativity error is approximately

Q3 T2a2
wy = T — (B-62)
where
T = the sampling period (sec)
wy = the drift rate (rad/sec)

For sampling rates which are slow compared to the coning rate, the

drift rate is approximately the geometric coning error

w

D = Q2(1 - cos a) (B-63)

Algorithms exist for reducing commutativity errors by attempting
to recover some of the lost information by suitable derivative filters.
The degree to which this procedure can be made successful is limited by

the presence of quantization errors.

4.5 Quantization Errors

Quantization errors arise when the analog gyro information is con-
verted to digital information for input to the computer. This process may
occur in an analog-to-digital (A/D) converter following an analog-torqued
rate gyro, in the torquing loop of a pulse-torqued rate gyro, or in a code
wheel on the output shaft of a single axis platform, The resulting quanti-

zation errors have the property that they are ''remembered" from one
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sampling instant to the next; in the integrator of the A/D converter, in
the float of the pulse-torqued gyro, or in the code wheel of the single axis
platform. Thus, the first order direction cosine drift errors resulting do
not grow with time, but have a constant standard deviation equal to Q/N12
where Q is the quantum size. Second order errors due to quantization
induced commutativity errors do grow with time, but are quite small in

most applications,

4,6 Truncation Errors

If it is assumed that the direction of the angular velocity vector is

constant during a sampling period, then the exact solution for the new

A 1
G

B I U S v
ULITULIUVIL CUDILIICT Lilcuvs

_ 6]
[a ] = e A ] (B-63a)
where
0 63 —62
[e] = -6, 0 6, (B-64)
62 -Gl 0

and the Bi are the integral of the angular velocity components over the
sampling period. This transcendental result must be approximated for

use in a digital computer.

One set of approximations consists of truncating the Taylor series
for e[e:l after a chosen number of terms. The errors for one
sampling period of the first four such approximations are given in the

Table on the following page.

Here
1/2
2 2 2
90 = (91 + 92 + 93 ) (B-65)
and,

wheni = 1, j = 2, and k = 3

2 3 1

3 1 2.
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Table B-III. Taylor Series Approximations

Order Drift Skew Scale
1 -0, 8_°/3 -9, 0, (ejZ ; ekz)/z
2 6, 602/6 -0; 0, 902/4 (ej?‘ 4 ekz) 602/8
3 6, 0,%/30 0, 0, 0,%/12 ] (ej‘2 +0,” )e %/24
4 -0, 8,%/120 6, 0 0 %/72 - (ejz +8,° ) 6. %/144

These algorithms may be modified further by the use of orthogonality
corrections. Other algorithms have been formulated such as Backwards
Differencing and Algorithm A (a Runge-Kutta technique modified to
improve accuracy). The latter two algorithms and the first and second
order Taylor series algorithms have been compared for accuracy when
subjected to coning motion of the vehicle. The results are summarized in
the graph of Figure B-11, which is an empirically obtained normalized
curve from which the drift error resulting from an input of two orthogonal
sinusoidal rates of equal amplitude and 90-deg phase shift can be calcu-
lated. The error of any of the four algorithms for any limit cycle ampli-
tude, frequency, and computer sampling interval may be found as follows:
1) Normalize the computer sampling interval with respect to
the limit cycle period. For example, the normalized sam-

pling interval for a 0,5-cps signal and a 20-msec sampling
interval is 0,02T/2,0 = 0.01T.

2) Obtain the percent error from the normalized graph. For
instance, the percent error for the Taylor's series is 0.1
percent for the 0. 5-cps signal and a 20-msec sampling
interval.

3) Calculate the correct vehicle coning rate in the desired

units. For a 0.5-cps signal with an amplitude of 0.1 rad,
the vehicle coning rate is

o = (0.01)% (m) (0.5) = 1.5708 x 10™* rad/sec
w' = 0.5655 rad/hr = 32,403 deg/hr

4) The coning error is 0.1 percent of 32.4 deg/hr or an equiv-
alent drift of 0,034 deg/hr.
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Figure B-11. Coning Study Results

The results of Figure B-11 and the relative complexity of the com-
puter equations generally leads to a clear choice of the Taylor's series

expansion for maintenance of the attitude reference.

An analysis of the errors made when the vehicle turns at a constant
rate about one axis (termed slewing) has also been made (Ref B-3)
and B-7) and analytical error terms derived. The results of that analysis
are summarized in Table B-IV. The incremental angle is designated A.
The second-order Taylor's series' primary advantage is the reduction of |
the scale factor error. The choice of first or second order is a tradeoff
between the available computer space, maximum available computation

rate, and the required accuracy.

In Table B-V, the errors for both algorithms are tabulated for four
different sampling rates subject to angular environments which can be
considered severe steady-state conditions for a boost vehicle., From the
Table, it appears that the first-order Taylor's series meets a drift crite-

rion of 0.01 deg/hr if sampled faster than every 8.5 msec.
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Table B-IV. Direction Cosine Slewing Errors

Single Axis Slew Three Axis Slew

Scale Factor| Per Cycle |Scale Factor| Per Cycle
Error Angle Error Error Angle Error

First-order 3

2 \/
Taylor's series 1 +4 - —A3— 1+ 3A2 - A3
Second-order 4 3 4 A3
Taylor's series 1 +A7/4 -A°/6 1 +9A%/4 -5

Roundoff Errors. During a 1000-sec booster powered flight, the

second-order Taylor's series would update the direction cosines 100,000
times. Suppose it is desired to keep the roundoff error less than (arbi-
trarily) 13 arc sec. An unjustifiably conservative approach would assume
additive roundoff and yield a requirement of

-6
13 arc sec x 4;'85 x 10 rad/arc sec = 6.31 x 10-10 rad

x10

which would require 31 bits,

A much more realistic approach is to assume that the roundoff
error is uncorrelated from one computation to the next., Assuming a uni-
form probability distribution, and assuming that the central limit theorem
holds would result in an error of ¢ x \/n/—IZ_where ¢ is the minimum bit
size and n is the number of computations, Thus for the 100,000 computa-

tions,

ﬁx13x4.85x1o'6 7

AD = 7x 10
\/105

which is equivalent to a word length of 21 bits.
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APPENDIX C

EARTH HORIZON SENSOR PERFORMANCE

1. INTRODUCTION

The most obvious optical reference foranearth-orbiting spacecraft
is the earth itself. The angular position of the center of the earth is a
readily measured parameter for use in control or monitoring of spacecraft
attitude as well as in orbital navigation. The measurement of the angular
position can be done either actively or passively and in any one of several
bands of the electromagnetic spectrum. Since past experience, both
analytically and operationally, has led to nearly exclusive use of passive

infrared methods, only instruments of this type are considered herein.

In this appendix, the nature of the earth's infrared radiation is
first considered. The elements of a horizon sensor and various possible
mechanizations are described, briefly analyzed with respect to perform-
ance, and compared. A bibliography is given containing those references

which directly relate to the problem of horizon sensor design.

2. EARTH RADIANCE MODEL

The radiation from the earth when viewed from outside the earth's
atmosphere consists primarily of two parts: reflected solar radiation,
and radiation emitted by the earth and its atmosphere due to their tem-
peratures. Because the reflected solar radiation can be used to sense
the horizon only during the day, horizon sensors are normally designed

to utilize the earth's self-emitted radiation.

The earth is at a temperature of approximately 280°K and can be
called a graybody, i.e., the radiation can be described by Planck's
law for blackbody radiation modified by the earth's emissivity.
However, when viewed from outside the atmosphere, this graybody
radiation is modified by the atmosphere. Water vapor, carbon dioxide,
and ozone absorb radiation in specific wavelength bands. The absorptance
depends upon the wavelength of the radiation and the temperature and
pressure of the absorbing gas. These gases in turn radiate energy in

wavelength bands dependent to a large extent on atmospheric conditions.
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In addition, radiation is scattered by dust particles, aerosols, and to
some extent by molecules in the infrared. Another effect due to viewing
the earth's horizon from near the earth is refraction caused by the path
length of the radiation through an atmosphere with varying indexes of

pressure and temperature.

In order to determine the appearance of the earth from outside
the atmosphere so that design criteria for horizon sensors can be gener-
ated, mathematical models describing the radiation have been formulated.
The earliest models considered the earth to be a sphere at a temperature
of approximately 280°K with an emissivity of one. This results in black-
body radiation with peak output at a wavelength of about 10 p. The
atmosphere was assumed to be perfectly transparent in the wavelength
interval of 8 to 13 i and opaque elsewhere. On the basis of this
model, the earliesthorizon sensors were designed. With the advent of
the Tiros satellite more attention was paid to the earth's radiation, and
more complex models were constructed. The early efforts described
the earth as a sphere with concentric spheres representing the atmos-
phere. Temperatures, based on balloon and rocket soundings, were
assigned to the spherical atmospheric shells for radiation calculations.
As the demand for more detail grew, the number of concentric spheres
describing the atmosphere was increased and the effects of latitude and
season were added. The most recent models of the earth's radiation
are based on a spherical earth with continuous atmospheric pressure,
temperatures, and gas concentrations for several model atmospheres
which are based on latitude and season. These models also include some
cloud variations. Wark (Ref 1) has evaluated the effects of refraction
when viewing the horizon. The results of these analytical models show
clearly that in order to minimize gradients of radiance across the earth
and to define the sharpest apparent horizon, the 15-p CO, band and the
water vapor rotational bands beyond 21 p are superior to the other wave-
length intervals considered. In these regions local atmospheric anomalies

such as storm fronts apparently cause little disturbance in the radiance.

The atmospheric radiance computations of Wark and his associates
are the most accurate currently available in that they are predicated

upon a true spherical atmospheric shell, they are carried through at
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narrow spectral intervals, and they are based upon meteorological pro-
files representing undercast as well as the usual clear weather conditions.
Figure C-1 shows the results obtained by Wark in terms of relative earth
radiance versus the tangent ray height for several significant atmos-
pheric absorption bands using the ARDC standard atmosphere. The
tangent ray height (Zo') is defined as the distance from the surface of
the earth to the orthogonal intersection of a satellite ray and an earth
radial line. In this figure, the several radiance curves have been nor-
malized to their value at Zo' = -6371 km, corresponding to the satellite
subpoint. The curves illustrate some general properties of the absorp-
tion bands such as the fact that uniform mixing of CO2 in the atmosphere
leads to a relatively high and abrupt apparent edge, the severe discon-
tinuity in the 03 curve at the maximum ozone concentration region
(stratopause) and the transparency of the atmosphere in the 10. 5-to

l1-u region resulting in an apparent horizon at the tropopause.

ZENITH ANGLE
o 81° 82¢ 83* 84° o3 90°
| ! I U | LI

Cco

14.8y - 15.4p

ROTATIONAL H,O
30.8y - 33.34
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L]

o8 b

06 b—

0.4 p—

NORMALIZED RADIANCE 1/

02 —

L |

-6371 -20 o 20 40 60
TANGENT RAY HEIGHT, Z! (KM)

Figure C-1. Variation of the Radiance, Normalized to the Value at

zZ', = 6371 km, for Five Spectral Intervals. (The ARDC
Model is Used.)
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Figures C-2, C-3, and C-4 show atmospheric radiance profiles
for three of these bands, the 15-p CO2 absorption band and the HZO
rotation band, which are both appropriate for horizon sensing and the
absorption-free "window" region between 10. 6 and 11 p. Figure C-5
shows the filters used to generate the absorption band curves. The
window region curves are for an ideal "rectangular" band. The lettered
labeling of the curves indicates the meterological profile used for com-

putation, i.e.,

ARDC Standard Clear Atmosphere, 1959

Albuquerque, Clear, July

QO W »

Ponape, Caroline Islands, Undercast, May
D Resolute, North West Territory, Undercast, December

The radiance curves computed from these four meteorological profiles
are indicative of the range of inputs a satellite-borne horizon sensor

might experience during a given mission.

Inspection of Figures C-2 through C-4 reveals the desirability of
viewing the earth's atmosphere in a strong absorption band rather than
a window. In the window region a strong contribution of radiance at the
sensor is received from the region near the earth which is subject to
extreme meteorological change. From Figure C-4, it is noted that there
is a ratio of 13:1 between the extreme horizon radiance curves. In the
strong absorption regions, only radiance from the upper portion of the
atmosphere is transmitted to the sensor. Meteorological conditions are
more stable in these regions, which is demonstrated by the equivalent
ratios in the CO2 and HZO bands which are 1.55 and 1. 35, respectively.
The desirability of using the latter spectral ranges for accurate horizon

sensing is apparent.

Several significant computational programs other than that of
Wark have been dedicated to the horizon-sensing problem. McArthur
(Ref 2) has prepared a statistical model of the horizon radiance in the
14- through 16-p band with both time and distance as parameters.
Hanel, Conrath, and Bandeen (Ref 3, 4) preceded Wark with a com-

putation of radiance from a curved earth and atmosphere. Burn (Ref 5)
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Figure C-2.

Figure C-3.

T T T
000 |— ! | Pt T ]
| (8) 15 s €O, BAND
(A)
s000 =" ]
(c)
~ K ]
£ /
5 4000 |— / |
e ’ (0)
o ! _A
< = 14 -
-
g
< 3000 |— —
o
(
[ 3
2 B -
[
=
3 2000 |— —
'y
1000 }— —
° 1 | ] | 1 | 1
-3 -20 20 40 60

[}
TANGENT RAY HEIGHT, Z'y (xm)

Variation of the Radiance with Z', Atmospheric Models in
the Carbon Dioxide Band (Filter response is shown in Figure C-5)

3
|

g
|

FILTERED RADIANCE (C. 6. 8. UNITS)
»n

| L B

N, Q ROTATION 8AND

—
1000 — —]
o [ N B
-8371 -20 0 20 0 60

TANGENT RAY HEIGHT, 2z, (kwm)

Variation of the Radiance with Z', for Four Atmospheric Models

in the Water Vapor Rotation Band.

Figure C-5.)

(Filter response is shown in

-353-



;
|

RADIANCE (C.G.S. UNITS)

g
I

1000 p—

U DL L B
908-948 co~'
(WINDOW)

N ]

(D) _—

(c)

LNy ]

[}
-8371

-20 0 20 40 60

TANGENT RAY HEIGHT, Z7 (KM)

Figure C-4. Variation of Radiance with Z'o for Four

504

Atmospheric Models in the 908-948 cm-1
Interval in the "Window." The radiance

for the vertical beam (Z'g = 6371 km) is
shown at the left; the radiance near the

limb is shown to the right of the dashed lines,

333, 25u 20u 16.6u 1434 12.5u

29.2-38.8,

] | | |

100
1.0
. F
[*]
z |
o
-
zos|—
'3
z L
o«
[-4
F o
-
9
100

-354-

Figure C-5,

|
300 400 800
WAVE NUMBER (CM-")
Transmittance of Hypothetical Filters in
the 15-Micron Carbon Dioxide Band and in
the Rotational Water Vapor Band, Nor-
malized to Unity at the Maxima.




has demonstrated theoretically that the 15-u band is optimal for rejection
of "cold clouds" in the atmosphere. Other programs of this general

type are referenced in the bibliography of this section.

In addition to "fallout" data from such scientific programs as
Tiros, horizon data have been obtained on programs carried out specifi-
cally for that purpose. In particular, orbital test programs were per-
formed by Lockheed and by Kodak in 1962 (Ref 6, 7). In these programs,
operational and experimental horizon scanners operating in several
spectral bands were flown, and the outputs of their preamplifiers moni-
tored. The data collected in all cases verify theoretical expectations
evels in the various bands and permit some statistical
analysis of the likelihood of a given reading. The significant limitation
to this data is a lack of precision attitude reference. No data are avail-
able to make a precise correspondence between the orientation of the
line of sight in geocentric coordinates and a given radiance reading.
Therefore, exact determination of the radiance profile of the horizon

is not possible from this data.

NASA has undertaken a program under the title project Scanner,
which will overcome these objections by means of a precision celestial
reference (Ref 8). The first phase of this program, involving a 12-min
ballistic flight of the celestial reference along with horizon radiometers
has been carried out. The resulting data are being reduced and published
at the time of writing and the second phase of the program, an orbital
flight, has not yet been carried out. The scanner radiometers are
sensitive in the CO2 and HZO rotational absorption bands of the atmos-

phere.

3. MECHANIZATION

The elements of a horizon sensor system; the modulation technique,

the detector, the electronic processing, and optics are treated individually
in this section. The discussion is as general as is practical with the

previously stated restriction to passive infrared devices.
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3.1 Modulation Techniques

The sensing of the discontinuity between the apparent earth horizon

and space by sensing the earth and earth atmosphere radiationcan be
done in many ways. The general techniques can be broken into three

categories: a) nonscanning methods, b) conical scan, and c) edge scan.

3.1.1 Nonscanning Methods |

The radiation from the earth is projected onto several detection
elements, and the difference in radiation on the different detectors 1s
sensed and an error signal is developed. In the simplest form this
type of system would consist of four detectors with the earth image

focused on the detectors as shown in Figure C-6,

_EARTH IMAGE

DETECTOR 1 4

2 3

Figure C-6. Radiation BRalance Detector

Against a perfect spherical target this system would have the
planetary disc divided equally onto the four detectors when the optical
axis of the system is pointed at the center of the disc. Through simple
differencing of opposite detector outputs this system develops an error

signal in two axes.

3.1.2 Conical Scan

In this method a small instantaneous field of view is made to scan
in a cone with an apex angle dependent upon the distance to the earth
and the geometry involved. Figure C-7 shows this scanning motion across
the earth. Note that two scanning motions are necessary to determine
the direction to the earth's center in two axes. The information from
a scan is derived by using the change in irradiance at the scanner when
the instantaneous field of view sweeps across the horizon. The angle
half way between the two irradiance discontinuities represents the
coordinates of the earth's center in one axis of the scanner coordinates.
The scan cone may be degenerated to a plane when the apparent planet

angle is small.
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DETECTOR PROJECTION

Figure C-7. Conical Scanning of Earth Horizon

(93]
.
(%8S
.
w

Edge Scan
This method of scanning moves the instantaneous field of view in
a relatively small angle back and forth across the earth's horizon. A
scan of this type is shown in Figure C-8. Note that three separate paths
must be scanned to determine the center of the earth's disc. The edge
scanner must go through a wider scan search mode to find the horizon

initially.

SCAN

MOTION INSTANTANEOUS

FIELD OF VIEW

Figure C-8. Edge Scanning of Earth Horizon

Combinations of conical and edge scan techniques can be used.
See Figure C-9. Two scanning motions are imparted simultaneously;
one is a conical scan with an apex angle equal to the earth's subtense
at the scanner, and the other is a motion perpendicular to this scan
motion and at a different rate. This method can be modified so that the
scan motion is a rosette, etc. This type of scan must go through an
initial search mode just as with the edge scanner. The apex angle of
the conical part of the scan can be adjusted from the error information

to compensate for varying altitude.
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Figure G-9., Combination of Edge and Conical Scan

3.2 Detectors

Detectors suitable for use in the detection of infrared radiation
can be divided into two main categories depending upon the nature of
detection. The two categories are (1) quantumn detectors and (2) thermal
detectors. The first class depends upon photon-electron interaction
to change the electrical properties of the detector whereas the second
class absorbs radiation and transforms it into heat which in turn affects

the detector electrical properties.

This section will be devoted almost exclusively to the discussion
of thermal detectors since all operational (or proposed) earth horizon
sensors utilize this type. Figure C-10illustrates why this is the case.
The spectral detectivity ' of representative quantum detectors and a
thermistor bolometer detector are shown along with the spectral region

of typical absorption band horizon scanning devices. The quantum

t Detectivity is a convenient, if approximate, figure-of-merit for
electro-optical detectors. It is defined as:

D% = \/XA_f—/Pn

where 2

= effective detector receiving area, cm
Af = measurement noise bandwidth, cps

= incident power required to produce an rms signal equal to
detector rms noise, watts

-358-




11

PbSe 77°K

\O

:Zn 28°K

Ge:Zn 4.2°K

AN

\

Al

(=]

\
K

o]
ARAVARNIATANANN

N

\
\
\

\
\
\

AN
N

e
AN TR

THERMISTOR

DETECTIVITY (D*)
CM-Hz"/2-waTT!

BOLOMETER

/ AT 295°K

Y
§

\

\

W

W\

/

§\

-

ALLARRATALRARRATRRANANY \\\\\\\\\ ATEARALFHRRHARLALFRRRAR Y
5
S
;

10

Figure C-10,

% ALLLLEUARARRATERRRTAATAVIRIRNRNSY
B AARLINTANMANANINRRSAY AN

20 2 3
WAVELENGTH, MICRONS

Bolometer Detectors

o
w
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detectors shown represent the extreme state-of-the-art for long wave-

length detection,

Note that the zinc-doped germanium and mercury-

doped photoconductors, operated at 4. 2°K and ZSOK, respectively, are

superior in detectivity to the thermistor bolometer operated at 295°K.

It is the unfortunate characteristic of photoconductive detectors, how-

ever, that they must be cooled to extremely low temperatures to extend

their spectral response to the desired horizon-sensing bands.

Since

S~
o
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cryogenic support equipment of the sophistication required to operate at
these levels for extended periods is not available for orbital use, the

quantum detector is not covered further in this report.

3.2.1 Thermocouples

These detectors consist of two dissimilar materials of different
thermoelectric power which are in electrical contact. Because of the
different thermoelectric powers there is a contact potential difference
whose amplitude is dependent upon the temperature of the junction of the

two materials.

The materials with the greatest difference in thermoelectric power
have been found to be various semiconductors, and most applications of
radiation thermocouples now utilize semiconductor materials. Metal
radiation thermocouples are only used where the better long-term stability

is important.

The resistance of thermocouples is quite low ( ~ 10 ochms) so that
a transformer coupling is usually employed. This results in a sensiti-
vity limited by the Johnson noise of the thermocouple. Because the
output of a thermocouple is quite low, several are often connected in
series to form a thermopile. The time constant for a thermopile is,
however, quite long and for this reason it is seldom used as an ac

device.

Because thermocouples do not depend upon the quantum nature of
radiation, there is no cutoff wavelength. The wavelength response is
determined by windows in front of the thermocouple and by the wave-

length dependence of the absorptivity of the heat absorbing element.

In general, thermocouples are good detectors for infrared radiation
in applications where an uncooled detector is desired; however, they
are usually quite delicate and are very difficult to ruggedize for shock

and vibration environments.

3.2.2 Thermistor Bolometer

Thermistors are semiconductor elements of very small mass which

have large negative temperature coefficients of resistance. The absorption
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of radiation raises the temperature of the thermistor flake and the result-
ing resistance change is sensed. Because of the temperature dependence,
these detectors change resistance with ambient temperature as well as
with radiation. Because of this, they are generally used in pairs connected
in a bridge circuit with radiation incident on only one element. Ambient
temperature effects are balanced out over reasonable temperature ranges

by this technique. Detectors used in this manner are called bolometers.

Thermistors and thermistor bolometers do not require cooling, and
respond to wavelength regions determined in the same way as thermo-
couples. These detectors can be quite rugged and can be immersed or

increases the

-
[4]
.
3
I3
4
¢
¥
»
4
’
3

piaced in di
radiati,gn density that is incident on the detector by an amount equal

to the index of refraction of the lens material for a hemispherical

immersion lens.

Other thermal detectors such as metal film bolometers have been
used to sense infrared radiation under conditions where long-term
stability is of major importance. Thermistor bolometers have much
higher responsivities than metal bolometers but do show hysteresis

effects which are not present in metal bolometers.

The type of detector which appears to be the best for precision
horizon scanner application by virtue of the high responsivity is the
irnmersed thermistor bolometer. This detector can be immersed in
germanium, increasing the output by approximately four times, is quite

rugged and requires no cooling to low temperatures.

3.2.3 Specification of Detector Parameters

The impact of detector parameters upon sensor system performance
is described in some detail elsewhere. It is useful, however, to
describe the parameters at this point and indicate those which must be
carefully specified when considering the design of a new sensor, Param-

eters of primary significance are detailed in the following list,
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a)

b)

c)

d)

Responsivity. The voltage measured across the detector
flake when it is exposed to a calibrated radiation source
must be specified. Responsivity should be specified

as a function of bias voltage, wavelength of incident
monochromatic radiation, detector temperature (over
the expected range of ambient operating temperatures)
and of source intensity (i.e., linearity).

Time Constant. The time constant is best represented by

a specification of responsivity versus source modulation
frequency. Such a curve permits a calculation of time
constant and also the specification of multiple time con-
stant effects when they occur. The time constant measure-
ment should be made as a function of detector operating
temperature.

Detector noise. The power spectral density of the noise
voltage appearing across the detector must be known,
This power spectrum should be known as a function of
temperature and of bias voltage. The low frequency
limit of the noise power spectral density measurement
must be such that the contribution passed by the sensor
electronics at this low frequency limit is negligible.

Miscellaneous. Other parameters which have a secondary
impact upon sensor performance are impedance and its
functional dependence upon temperature and environmental
resistance such as the immunity of contacts to vibration.
Detector performance degradation with shelf and operating
lifetime is an important and little known parameter. Cur-
rently the design of earth sensors for long life missions is
based upon very limited experimental data of questionable
statistical validity.

3.2.4 Electronic Circuitry

The electronic circuitry associated with a horizon sensor must

serve the following functions:

a)
b)
c)
d)
e)
f)

g)
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Detector bias supply

Detector signal preamplification
Noise filtering

Radiance variation compensation
Signal amplification

Signal demodulation

Generate modulator drive signal.




Most of these functions are common to many electronic applications

and the frequency response, stability requirements, etc., are well with-
in the state-of-the-art. The areas of electronic design which require
particular attention in the horizon sensing application are compensation
for component value drifts with life and temperature, careful optimization
of the frequency response in terms of the signal and noise spectrum, and
the incorporation of some form of compensation for earth radiance

variations in the case of thresholding devices.

3.2.5 Optics

The detection of radiation from the earth requires the collection
of a sufficient or ''detectable'' amount of radiation and delivery of
that energy to a detector. In an infrared system this function is often

performed by a telescope, similar to those used in visible systems.

In general, optical systems can be broken into three categories:
reflective, refractive, and catadioptric. Reflective systems utilize
reflective elements (mirrors), refractive systems utilize refractive
elements (lenses), and catadioptric systems utilize both types of ele-
ments. Many infrared systems have been designed to cover large wave-
length intervals, say 2 through 14 4, which is 30 times the entire visible
wavelength region. These systems are commonly reflective because
mirrors do not have color aberration, although they do possess all the
other simple aberrations found in lenses. For relatively narrow wave-
length regions and wider wavelength intervals where high resolution is not
important, refractive or catadioptric systems may be used. Horizon
sensors normally fall into this last category. The detector size usually
decides the maximum resolution obtainable in a system, and since it is
large with respect to the blur from almost any optical system, the types
of elements are usually determined by weight and size considerations,
and by the availability of materials for lenses. This last item imposes
a much more severe restriction in the infrared region than it does in
the visible region where many types of glass with various indexes of
refraction exist. Some materials which transmit infrared radiation
are unsuitable for optical elements in most applications because of
undesirable characteristics such as extreme softness, hygroscopic

behavior, tendency to cold flow, etc.
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In addition to the optical elements considered above, it is necessary

to incorporate into the design a spectral filter to define the wavelength band

of sensitivity, These filters are, in general, either absorptive, re-
flective, or operatekby selective scattering. Filters operating by
selecti&e scattering, called Christiansen filters, pass energy in narrow
spectral bands. These filters are prepared by mixing a dielectric
powder in a fluid and placing the mixture between plane, parallel plates.
There is a small spectral band in which the fluid and the dielectric

have the same index of refraction, and in this band energy will be trans-
mitted. At all other wavelength the indexes differ and the energy is
scattered.

Absorption filters can be either of the gelatin type which are
primarily restricted to use in the visible region, or semiconductors
which show sharp absorption edges. The semiconductor type is useful
when a material with an absorptive edge at the proper wavelength is
available. Absorptive filters re-emit radiation in the absorbed wave-
lengths as graybodies at the filter temperature. Because of this,
in some systems, they must be cooled or otherwise temperature con -

trolled.

Reflective filters can be of several types but the most important
from the standpoint of applicability to horizon sensors are interference
filters. Interference filters are prepared by depositing thin films
of dielectric material on a semiconductor substrate. By proper selection
of the thickness and index of refraction of the dielectric films and
the number of films, these filters can be designed to transmit energy
over any nominal spectral region where a transmitting substrate can
be found. The major limitation is in finding dielectric materials with

the desired index of refraction.

In general, even though they are relatively expensive, interference
filters are most useful in infrared systems because of the variety

of transmission properties available.

Another type of reflective filter, the reststrahlen filter, may
be useful for systems operating in the water vapor rotational bands.
These filters are constructed of materials with ionic bonding which

show very sharp cut-on wavelength edges for reflection in the infrared.
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Many materials with reststrahlen wavelength peaks greater than 20

are available.

The third horizon scanner optical element is the scanning mechanism.
f

In most horizon scanners a small field of view is scanned in space.

This may be done mechanically or electronically. In mechanical scanning
techniques some part of the optical-detector system is moved. This

might be done by rotating a plane mirror about some axis asin Figure C-11,

Another method of generating a scanning motion similar to the rotating

plane mirror is a rotating prism. In similar ways other scan motions

VA,

LENS

~ PLANE MIRROR

FIELD STOP
I ROTATION AXIS

Figure C-11. Rotary Scan of Optical Field of View

could be generated, e.g., rotation through part of an arc and back by

a plane mirror as in Figure C-12, Many other scanning motions are
possible by movement of elements in the optical system. Many techniques
can be developed to move the optical elements utilizing almost any

method of generating a force.

SCANNING MOTION
LENS N\

‘ AXIS OF ROTATION,
PERPENDICULAR TO PAPER

FIELD STOP

Figure C-12. Oscillating Scan of Optical Field of View
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A small instantaneous field of view may also be scanned by electronic
techniques. This may take the form of switching the input to the pre-
amplifier between several detectors each of which ''sees' a different
space volume. This method requires many detectors if a small instantane-
ous fieid of view and a large total field of view are desired. Another type
of electronic scan is that used in TV pickup tubes such as the vidicon or
orthicon. Inthesedevices the total field of viewisprojected on an extended
detector area and an electron beam scanning this area ''reads out' the
information in one small element of the detector at a time. In the current
state of development, infrared vidicon image tubes are not appropriate

for earth sensing.

4. HORIZON SENSOR PERFORMANCE

This section describes the performance of a horizon sensor under
operational circumstances in relation to accuracy and reliability. The
predicted performance is discussed in some detail and then a summary
is given of data pertaining to the actual performance of operational

devices.

4.1 Accuracy

There are two general types of error involved in measuring space-

craft attitude with a horizon sensor system. These are:

a) Errors instrinsic to the horizon sensor such as uncertainties
in angular information due to noise, bias errors due to
time lags in the signal processing and angle transducer
readout errors.

b) Errors connected with the earth as a target, such as a
non-abrupt horizon in a given spectral region, a non-uniform

horizon, oblateness of the earth, etc.

4.1.1 Errors Intrinsic to the Horizon Sensor

These errors can be broken down into noise effects, and offset or
bias error induced by detector-preamplifier time lags and by the difference

in radiance from the various sections of the earth's disc.
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Noise Effects. A certain signal-to-noise level is necessary to

maintain lock-on to the horizon gradient. The minimum signal-to-noise
level necessary for a reasonably small rms angle error depends upon
the particular mechanization of the scanner and is usually experimentally

determined. In order to roughly evaluate the effects of signal-to-noise

ratio, a simplified horizon scanner will be analyzed qualitatively.

Example Problem

Assume a conical scan with apex angle €, 2 detector of angular
width which determines the field of view, and a perfect spherical earth
with uniform radiance. In the object plane of the scanning telescope the
projection ot the detector forms a square which intersects the earth as

in Figure C-13.

INSTANTANEOUS FIELD
OF VIEW (AXIS 1)

_— SCAN PATH

EARTH

INSTANTANEOUS FIELD
OF VIEW (AXIS 2)

SCAN PATH

Figure C-13, Intercept of Conical Scan with Earth

If the detector and preamplifier have an optimized time constant,
the output signal appears as shown in Figure C-14b, when the detector
projection is swept across the horizon (the image of the horizon is swept
across the detector in image space). The detector signals returns to
zero by capacitive coupling. The actual signal in the presence of noise

will look more like Figure C-14c.
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Figure C-14e. Expanded Time Scale

Figure C-14. Signal Amplitude Versus Angle of Scan
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Let
Vp = peak signal output
Vs = threshold level
V_ = rms noise
n

x = Vp/Vn and y = Vs/vn'

In this simple system it is assumed that the signal position is
determined by the signal exceeding a predetermined threshoid ievel
V- The signal is then demodulated in a demodulator with a period of

1/f where f is the frequency of the conical scan.

The position of the horizon in terms of the scan angle is determined
by sensing the time of maximum signal ts with reference to some
arbitrary time. The rest of the determination of the coordinate of the
earth's center is done by similiarly acting on the pulse when the detector

projection sweeps off the earth and into space.

The analysis of the angle noise has now to be broken into two parts:
high signal-to-noise where Vs >V so that the only noise pulses which
cause error are on the leading edge of the signal pulse, andthe low signal-
to-noise case where interpulse noise adds to the error. A perfect target
is assumed so that effects due to variation in signal strength will be

ignored here.

(1) v. >V
S n

The error is caused when a noise pulse causes
the signal plus noise to exceed the threshold too
early.

t'=t_ - t'_is the time error; the equivalent

o ", . . .
angular error is e. The signal is plotted in terms
of the angle in Figure C-14d to indicate the equiva-
lence of time and angular position.

From similar triangles (see expanded scale
Figure C-14e).
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Assuming narrowband gaussian noise, the variance
of the time is:
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After demodulation, the angle noise density at zero
frequency is given by

2
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and the rms angle noise by
ey = Jee
Wyle) = \/;x

The analysis of the interpulse noise case is
more complex than the first case and no
general analysis exists. An approximate
solution can be found by considering the zero
crossings of the noise; but since the analysis
is quite involved, only the result will be stated

here.
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Figure C-15is a plot of the angle noise density for a particular

set of typical parameters. The parameters chosen for this plot were:
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Figure C-15. Angular Noise Density



Since the total angle.noise depends upon sensing two pulses, the
pulse formed when the image of the earth sweeps onto the detector and
the pulse formed when the image sweeps off the detector, the noise con-
tribution of the second pulse must also be considered. Assuming that
the noise is random '(noncorrelated), the noise contributions will add
rms - wise and the rms angle noise will be \/2_ times the values found
from the above equations. From this plot it can be seen that with the
simplified scanner and the parameters given here, a signal-to-noise
ratio of approximately 5 is necessary to maintain the rms angle noise at
about 1/10 the instantaneous field of view. The angle noise can be larger
than calculated above if care is not taken to insure that other sources of

noise do not occur in the signal processing after the preamplifier.

Offset Error. For a horizon scanner utilizing a threshold level

such as the example considered above, there is an offset or bias error
induced by a difference in temperature of the two limbs of the earth.
Figure C-16 indicates this type of error. From the figure it can be seen
that the time difference is 'c2 - tl’ indicating that the earth's radiance
width is not the same as t'2 - t'1 which is the sensed parameter, by an
amount At which depends upon the radiance difference of the two limbs,

the threshold chosen, and the system parameters. This error can be
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Figure C-16. Bias Error Due to Earth Limb Temperature Differential
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minimized by raising the threshold, but at the expense of more suscepti-
bility to gradients within the earth's radiant disc which could be very

large errors.

Another offset error occurs in the example because of the time
constant of the detector preamplifier combination. This time constant
causes a lag in the signal and a consequent lag in the apparent angles to
the horizon. If the radiances of the two limbs are equal, the phase lag
due to the time constant could be compensated for in the signal processing
circuitry. However, if the radiance is different at the two limbs, the
lag will be different at the two limbs, and a fixed compensation will not

eliminate this error compleiely.

Errors in Alignment and Transducer Readout. Alignment errors

consist of initial alignment errors between the horizon scanner and the
spacecraft reference, nonlinearities and drifts in the transducer readouts
of the horizon scanner. Initial alignment accuracy is determined by
alignment methods, and with sufficient finesse can be made negligibly
small in comparison with angle readout errors. Readout errors can
usually be held to quite small values over small angular ranges where
linearities are good. Often the equipment can be designed so that opera-
tion is restricted to these linear, relatively high accuracy areas. Random
errors in the readout devices are also a cause of error; however, they

are usually small in comparison to other sources.

4,1.2 Earth Effect Errors

The error sources due to the earth can be divided into:
° Gradients within the earth's radiant disc

° Differences in radiance and altitude of the apparent
horizon due to latitude and season

° Oblateness of the earth
e Atmospheric anomalies such as storm fronts.

Radiance Differences. Froin the discussion of the earth's radiance,

it can be seen that the errors due to gradients in radiation and altitude
variations in the apparent horizon can be minimized by proper selection

of the operating spectral region. These errors can also be minimized by

-373-



optimizing the signal processing methods. If approximate orientation
and sub-satellite latitude information were available, errors due to latitude
effects in the radiance of the horizon could be calculated and partially

eliminated. In a like way, the season effect could be calculated and
eliminated.

Oblateness. The errors due to the earth's oblateness could also
be computed and compensated for. An estimate of the effects of oblate-
ness can be made by assuming that the true earth shape is an ellipsoid
and calculating the error in determination of loc al vertical from this
effect.lr The deviation of the measured center of the earth's disc from

the geocenter for a spacecraft with no roll or pitch error is given approx-

imately by (see Ref 9):

2
2 .
AD = ¢ %s1n)\cos)\ sin ¢
P
where

€ = eccentricity of ellipsoid, 0. 082
a = equatorial earth radius
p = radial distance, geocenter to satellite

N = latitude of satellite subpoint

¢ = azimuth of sensor measurement plane
about vertical measured from line
parallel to the earth's major axis

This error is quite small at synchronous altitudes, being less than
0.01 deg when there is no pitch-or-roll offset. The error becomes more

significant at low-altitude orbits.

Atmospheric Anomalies. The effects of atmospheric anomalies

can be reduced by sensing many points around the horizon and averaging
the results. If the effects of storm fronts, etc., are localized, this

method of averaging will greatly reduce the error.

t ‘o .
Variations in the earth's atmosphere dependent on latitude (as measured
on the oblate earth).
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Conversations with John Duncan at the Institute of Science and
Technology, the University of Michigan, indicate that his studies of the
effect of weather conditions on the 14-through 16-u CO2 radiance band
show only small effects which are highly correlated over large viewing
areas. This result indicates that, if the 14- through 16-p region is used,
there is no advantage in averaging over many points on the horizon and

a simpler scanner may offer the same accuracy.

4.2 Accuracy Comparison, Conical Scan Versus Edge Tracker

Although both conical scan and edge scan systems have the same
angle noise for equivalent signal-to-noise ratios from the preamplifier
and equivalent signal processing, the smaller scan angle of the edge
scanner results in much higher signal-to-noise ratios and subsequently
less angle noise than the conical scanner. This difference can be
expressed in terms of the size of the collecting optics required for the
two types for equivalent signal-to-noise ratio., As an example of this

difference, consider a conical scanner with

scan angle = 110° = 260
. o o -4 .
detector size:1  x 1, Q = 6.91 x 10 ~ rad = instantaneous
field-of-view

optical collection area = Ao
scan frequency: f = 30 scans/sec
detector responsivity: R = 300 v/w

ces o e . 1/2
noise due to amplifier (limiting noise): v = 0.5 uv/(cps)

and an edge tracker with scan angle = 5 deg and all other parameters the

same as the conical scanner.

4.2.1 Conical Scanner

The horizon cross over time TC for the conical scanner is given
by
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where o = detector width, TC

sec. In order to pass the information contained in this pulse, we assign
a bandwidth

for the conical scan is T, T 9.63 x 10~

Af = - 5.19x 10° cps.

If the radiance from the earth is taken to be N = 3.5 W/mz - ster,
and the optical transmission is taken to be 0. 65 we can calculate the
required A0 for any signal-to-noise (S/N) ratio. For S/N = 10, the

noise is assumed to be entirely from the preamp and is

vy = vian'/? o sex10y

The signal must thenbe V_ = 10V = 3.6 % 10"* v. The total

power on the detector, W, necessary to produce this signal is given by

_ Vs _ -6
W—R = 1,2 x 10 W

The necessary optical collection area can then be derived from

W = NA QT
o
or
_ W _ 2
Ao —NQT—7.62cm

4,2,2 Edge Scanner

For the edge scanner the horizon crossover time is

3.33 x 10-3 sec

4
I

and,

Af = = 150 cps

1
2T
c
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The noise is

v = vanl/? - 6 13x100

V. = 10Vn = 61.3x10-6v

for a signal-to-noise ratio of 10. The total power is then

W = -‘I’{—s = 0.204 x 100 w

and the optical collection area is

A =

o NaT - i.3 cm

With presently available thermal detectors, the difference in the
required collecting area is even greater because the detector time con-
stant causes a decrease in the high frequency response, but the preampli-
fier noise remains essentially constant with frequency. From this respect,
the edge scanner appears to offer more accurate information for a given
size of optics. From a weight tradeoff standpoint, the smaller collection
area of the edge scanner is partly offset by the requirements of three
edge trackers and only two conical scanners, although the requirements
for rotating parts in the conical scan tend to increase the weight of the

conical scanner.

4.3 Reliability

It is difficult to obtain horizon sensor information in a form that
allows easy comparison between different systems. This is partly
because of the difference in the missions for which these sensors were
designed. It is often difficult to determine whether a reliability number
represents a design goal or an experimentally derived result. Extensive
experience with the OGO horizon sensor has indicated that with four
sensors which provide a degree of redundancy, and with projected parts
failure rate data, the reliability is 0. 992 for one year. Because of

complex independence of reliability on specific design, it is not possible
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to use the OGO sensor reliability to easily predict reliability of other
sensors. It is probable, however, that the Gemini and Agena horizon
sensors will have roughly the same reliability as the OGO sensor because
of similarities, although different numbers of parts are involved in

each sensor. However, the Gemini and Agena sensors have a rotating

part with lubricated bearings which affects reliability.

5. OPERATIONAL SENSORS

A survey has been performed as part of the present study in order
to gather data concerning current earth sensing systems. The findings
of this survey are presented in Volume III (Part I). It is the purpose of
this section to indicate those sensors which have actually been operated
in the orbital environment and to supply comments regarding their per-
formance as available. It is important that the slight operational accuracy
data which have been obtained are classified and, therefore, not

presented here, The information is summarized in Table C-I.

Table C-I. Summary of Flight Proven Scanning Horizon Sensors

Vehicle Horizon Sensor Type Comment

Mercury Conical scan Wide spectral band resulting
in much earth effect error.
Short duration mission

Gemini Peripheral edge tracker Considerable earth effect
errors, short term missions

Agena Conical scan Original version did not func-
tion to specification, experi-
mental flights led to changed
spectral band.

Saturn Edge track Used during ballistic portion
of flight
OGO Edge track Original version suffered from

cold cloud problems spectral
band change required and
implemented in ""AOGO"
horizon scanner system,
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This table does not include the '"pipper' type of horizon sensor which has
been used on spinning spacecraft such as Tiros. These devices are
essentially narrow-field infrared radiometers and are not applicable for
missions requiring full stabilization. Two major conclusions may be
drawn from flight experience with scanning horizon sensors.

(1) Earth radiance in the 1.8-p to 12-p band is

highly variable and unsuitable for generation
of attitude data.

2) Little or no experience has been gained with infrared
horizon scanners operating over long mission periods.
Of the devices listed in Table C-I, only the OGO sensor
svstem was designed for long life, To date, the earth
stabilized mode of OGO flights has not lasted significantly
longer than Agena or manned missions,

Several devices have been designed and tested which operate in the
"optimal'' 14-u through 16-p band and/or designed for extremely long

orbital life. These sensors have not yet been proven, however, in the

control system of a fully stabilized earth-orbiting spacecraft.
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APPENDIX D

ANALYTICAL TECHNIQUES USED FOR
TRACKING AND NAVIGATION ERROR ANALYSIS STUDIES

1. INTRODUCTION

The tracking and navigation error analysis studies carried out as
part of the Radio/Optical/Strapdown Inertial Guidance Study were con-
ducted using TRW's SVEADJr computer program, This appendix contains
a brief description of the SVEAD program and a detailed description of
the subroutines developed and supplied to SVEAD for performing this

study.

Briefly, this study was concerned with the comparative performance
of DSIF tracking (earth based Doppler) and onboard optical navigation.
Optical instruments considered were: star tracker, planet tracker, sun
sensor, and planet subtense angle tracker (range measurement). Major
error sources considered were: slowly drifting biases in the optical
equipment, uncertainty in the planet diameter, Doppler bias error (slowly
drifting), planet ephemeris errors, and uncertainty in the dynamic model
of the solar system (that is, errors in solar wind, gravitational con-
stants, planet oblateness, etc.).

2. STATE VARIABLE ESTIMATION AND ACCURACY DETERMINATION
(SVEAD) PROGRAM

This Section describes the State Variable Estimation And Accuracy
Determination (SVEAD) program. SVEAD is a general purpose Kalman
filtering program, developed in the System Analysis and Software Depart-
ment of the Guidance and Navigation Laboratory at TRW Systems. It is
used to analyze problems in which parameters (the state vector) must be
estimated from noisy measurements. SVEAD has been successfully used
for many types of applications, including the following: orbit determina-
tion (both near earth and deep space); powered flight tracking (in the

earth-moon gravity field); on-board satellite navigation (earth, moon, and

TSt:ate Variable Estimation and Accuracy Determination Program. For
detailed information on the basic SVEAD program, the reader is referred
to the SVEAD Users Manual, TRW Document No.7221.1-10,

W.M. Lear, 28 April 1967.
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deep space); ground station location; navigation of ships and planes; radar

altimeter map matcher; estimation of the earth's gravitational potential;

satellite attitude determination; inertial platform alignment and calibra-

tion; fire control problems; and estimation of rocket motor parameters.

a)

b)

c)

d)

In general, SVEAD is useful in analyzing any problem in which

A state vector (list of unknowns) can be defined.

A system of differential equations, governing the action of
the state vector, can be written. Note that coefficients in
the differential equations may themselves be part of the
state vector. Also the differential equations need not be
linear.

A series of inaccurate (noisy) measurements, which are
functions of the state variables, are made.

An estimate of the noise statistics is available.

Then the SVEAD program can be used to

a)

b)

c)

d)

Determine how accurately the state vector could be esti-
mated if measurements were available (but not actually
available). This is the error analysis mode.

Determine how accurately the state vector could be estima-
ted by simplified, nonoptimum filters, or determine how -
accurately estimation could be performed if the statistical
knowledge necessaryto construct an optimum filter was not
known. This is the suboptimal error analysis mode.

Process actual measurements to form an actual estimate
of the state vector.

Simulate the processing of measurements to form a simula-
tion estimate of the state vector.

The program also has several other minor options. Some of these are:

'trajectory' generator, transition matrix generator, and error covariance

matrix propagator (in the absence of measurements).

SVEAD utilizes a Kalman filter. The Kalman filter is a minimum

variance type of filter. If the quantity x is a state variable, and the quan-

tity Qn is an estimate of X then a minimum variance filter is one that,
2 .
among other things, minimizes E [(xn - :’En) ] for all n (all the state vari-

ables). In addition, it can be shown that a minimum variance filter also

minimizes E [(ym - Qm)z], where the Yo are elements of the measure-

ment vector. A conventional least squares estimator will minimize
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m 2re the actual noise corrupted measure-

ments. Thus it can be said that a minimum variance estimator attempts

to make a fit to exact values, while a least squares estimator makes a

fit to noise corrupted measurements.

The Kalman filter has several advantages over the conventional

least squares program, including the following:

a)

b)

d)

e)

f)

No difficult inversion of an ill-conditioned N x N matrix,
where N is the number of state variables, is required when
using a Kalman filter,

The Kalman filter can easily handle time correlated meas-
urement noise, thus allowing more realistic modeling of
measurement error statistics.

Perhaps the most important advantage of the Kalman filter
is its ability to handle ""state noise''. Examples of sources
of state noise are random gyro drift, accelerometer noise,
random solar winds, drifting instrument biases, and unmod-
eled forces such as higher order harmonics in the earth's
gravity field. Also the filter, in some instances, may be
"told' that there is state noise acting on the system as an
engineering '"trick'!. This can be done when a simple
mathematical model of the system is used in place of the
more complex (and often unknown) model of the system.
This addition of state noise prevents the filter from becom-
ing overconfident of its estimate of the state variables, and
in effect represents the unmodeled part of the real world.
Also the concept of state noise is generally necessary if
tracker or navigator dynamics are modeled.

The Kalman filter generally estimates the current state of
the system, as opposed to estimating the state at some fixed
epoch time., However, it can be set up to directly estimate

.the state at some epoch time, but when this is done, state

noise can not be handled.

The Kalman filter readily lends itself to on-line or real
time filtering problems. Thus SVEAD is useful for studies
which may lead to such applications.

The Kalman filter gives an estimate of the state variables
after each measurement is processed, thus giving a time
history of the estimated state and its accuracy. If such a
time history is desired using a least squares program, it
must be rerun for each point on the curve.
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g) Both the Kalman filter and the conventional least squares
program contain linearity assumptions. The Kalman filter,
however, improves its linearity assumption (that is, it
relinearizes itself) after each measurement is processed.
The conventional least squares program must wait until all
the measurements are processed before it can improve its
linearity assumption. At this time it relinearizes itself
about the new estimate and repeats the processing of all the
measurements to obtain another improved estimate of the
state, about which it again relinearizes. Generally, the
least squares program requires about four or more such
iterations to process satellite tracking data.

h) The standard deviations of the state estimation errors, using
a minimum variance estimator, are always less than or
equal to the standard deviations of the state estimation errors
using a least squares estimator.

In summary, SVEAD provides a modern method of studying state
variable estimation problems. An implicit feature of this program is the
built-in experience gained from a large number of previous studies.T For
example, built-in diagnostic dumps and the printout of correlation coef-
ficient matrices (in arbitrary coordinates) are conveniences which are
the products of experience. Various devices have been employed to obtain
rapid cycle times and control machine roundoff errors. Also the program
is designed to easily facilitate changes in a specific problem being studied.
Due to the completely variable in size matrices and vectors, state vari-
ables may be added or deleted with no modification of the main program.
Due to variable size matrices and vectors, SVEAD will handle large or
small problems as though the program had been specifically written for
that problem. Through its ability to handle state noise and time corre-
lated measurement noise, the Kalman filter used by SVEAD can implement
a more realistic model of the real world than can conventional least

squares programs.
3. MATHEMATICAL MODEL OF THE OPTICAL MEASUREMENTS

The principal purpose of the optical measurements is to locate the

position of the planet (Mars) relative to the spacecraft. The lines of

TAt the time of writing, about 50 previous studies have been done.
Included in these is the first space application of the Kalman filter, used
in the Ranger and Mariner guidance equations in 1963,
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sight to two known stars may be used to provide a known coordinate sys-
tem, in which the planet may be located. For this study, one star is
taken to be Canopus, and the other is itaken to be the Sun. Mars is then
located by a cone angle ¥ and a clock angle 6, as shown in Figure D-1.
The angle ¢, shown in Figure D-1, is the Sun;-CanOPus angle. For this
study, the directions to the Sun and Canopus are assumed to be known
quantities. Strictly speaking, this assumption is only true if the Sun and
Canopus were infinitely far away. Near Mars encounter, the Sun is
about 0. 2'109 km away. A 500-km position error causes a 0.5-arc sec
angular error in the position of the sun. This error is negligible com-

pared to the other optical errors.

The optical system which measures the cone and clock angles
includes a Canopus tracker, a Sun tracker, and a Mars tracker. Associ-
ated with each of these devices are angular errors which cause the meas-

ured lines of sight to deviate from their true directions. It is assumed

SUN

CANOPUS

MARS

Figure D-1. Measurement Geometry
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in this study that each tracker has two sensitive axes which are at right
angles to each other as shown in Figure D-2, It is further assumed that

the errors along the various axes are all independent of each other.

Leti, i , andi_ be unit vectors along the line of sight from the
vehicle to the Sun, Mars, and Canopus respectively. The orientations

of the displacement error vectors, ¢ , are defined by

€51 is in the Sun-Mars plane, normal to is'
£s2

completes the right-hand set, (Esl’ €2 ;S).
€ is in the Sun-Mars plane, normal to i
=ml “m

€2 completes the right-hand set, (¢ i ).

ml’ $m2’ “m
€e1 is in the Sun-Canopus plane, normal to ic.

€c2 completes the right-hand set, (Scl’ € .2 ;C).

Assuming small values of ¢, the cone angle measurement is seen to

be

MEASURED
SUN LINE

MEASURED
MARS LINE

£c2  MEASURED
CANOPUS
LINE

SUN-MARS

PLANE SUN-CANOPUS

PLANE

Figure D-2. Tracker Errors
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y1=¢+em1-esl (D-1)
and the clock angle measurement is

Y, =6 - o/siny + ecz/sin ¢ (D 2)

Let €y and ¢ g be defined by

Y ml sl

€g= - emz/sin ¢+ ecz/sin ¢ (D-4)

Then the cone and clock angle measurements are

Y S ¥ teg (D -5)

y, =6 +_€6 (D-6)

Note that, from Equations (D-3) and (D-4), the angular errors, ¢ U and

€g» are uncorrelated. Their variances are given by

2 2 2
ey TTem1 T es1 (D-7)
2 _ 2 .2 2 . 2
L -gemz/sm W +<T€C2/sm ® (D-8)
The cone and clock angles, | and 6, are given by
cos g =1, * in (D-9)
s X ic is *im
cos@ = Il %1 Ii <3 (D-10)
s c s m

It is remembered that ig and ic are assumed to be known and the

equati i i
quation relating i

to the state vector is

(D-11)
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where R is the position of Mars with respect to the spacecraft.

Leti ~bea unit vector in the Sun-Mars plane, normaltoi  and
in the direction of increasing Y. Thus it easily checked that

. _ cos .
i = = i
“ms sin y “m

- g bs (D-12
Letu o be a unit vector normal to the Sun-Mars plane, in the direction
of increasing 6. Thus

i xi
=s

u = m (D-13)
—ms i_sximl B

It is now easily seen, from geometric considerations, that

1

o4 Rm -lms

* &R (D-14)

m

— _____l -
56 = - R_ sin Yms SR, (D-15)

These two equations give the partial derivatives of the cone and clock

angles with respect to x . These partial derivatives are

m’ Ym’ *m
needed by SVEAD to form the elements of the first two rows of the

measurement matrix.

The third optical measurement to be considered is the apparent
angular diameter of Mars. If the radius of Mars is denoted by r, then

the angle to be measured, also known as the subtense angle, is given by
a = 2 sin_1 (r/R_)
m

The third optical measurement is then taken as

Y3 ~ 2sin”t ———+ ¢ (D-16)

where TN is a nominal radius of Mars, € is the error in the radius of
r

Mars, and ea is the measurement error.
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The partial derivatives of Y3 with respect to elements of the state

vector are conveniently expressed by

-2Tr . 2
by, = 1, 0R T
3 RmZ cos (a/2) m m R cos (a/2)

se_toe | (D-17)

4. MATHEMATICAL MODEL OF THE DOPPLER MEASUREMENTS

As the spacecraft moves away from the Earth, toward Mars, the
measurement geometry is little affected by ground tracking station loca-
tion. The major geometric effect is that the earth is changing its location
along its orbit, not that the tracking station is located on the surface of a
rotating body. Therefore, as a matter of convenience for error analysis
purposes, a single ground station will be assumed to be located at the
center of the earthe Further, for error analysis purposes, it will be
sufficient to assume that the Doppler measurements are line-of-sight
rate (range-rate) measurements.,. Thus the fourth measurement to be

considered for this study is

= i R + ez (D-18)
N Yq E =E" R ‘
where EE is the position vector of the earth's center with respect to the
vehicle, €R is the error in the measurement, and j‘-E = BE/RE’ The

partial derivatives of Yy with respect to elements of the state vector are

conveniently expressed by

= —l . 3 o T i ) 1 . : . -

5. SECOND PARTITION DYNAMICS

The state vector is partitioned into two partse The elements of the

second partition are:

1]

€ xx2(1), random acceleration in x direction, acting

ax on vehicle.
€ = xx2(2), random acceleration in y direction, acting
ay on vehicle,’
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€ = xx2(3), random acceleration in z direction, acting
on vehicle,

Eyl = xx2(4), ''bias' adding to first measurement (cone angle).
€,2 = xx2(5), ""bias" adding to second measurement (clock

y angle).
€3 = xx2(6), '"bias'" adding to third measurement (subtense

¥ angle).:
€y4 = xx2(7), '"bias'" adding to fourth measurement (range-rate).
€. = xx2(8), error adding to the radius of Mars.

All state variables in the second partition are assumed to be exponentially
correlated (in time) random variables. Thus, by adjusting their time
constants, they may range all the way from uncorrelated noise to constant

biases.

The updating of exponentially correlated random variables, from

time ti to ti+l’ is given by

/ 2
xe.(I)i_l_l = 2 xe(I)i + o1 1 - ay Wy (D-20)

where Wi 4 is unit variance, zero mean, uncorrelated in time, noise;
b

o IZ is the variance of xx2(I); and ay is given by

= o-lAaT/T

a; I| (D-21)

where Tl is the time constant associated with xx2(I).

The three random acceleration components ¢__, ¢__» € are used
ax’ “ay’ ~az
to model uncertainties in the gravity fields, uncertainties in the solar
wind, and software approximations‘ (e.g., deletion of higher order har-

monics in the martian gravity field).

In a gravity free environment, the effect of the €. x component of
random acceleration is to produce a random position and velocity error,
epx and € x respectively, in the x direction.. For time, T >> Te ax -

T, >> AT, it can be shown that
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E[e IZDX] = %T?’ Te ax @ ezax (variance of position error) (D-22)
E |_e 2 ] = 2TT a 2 (variance of velocity error) (D-23)
Tvx €ax  €ax : '
) 2 . = Jo. 78
E [e pxevx] = T Te ax % cax (correlation coeff = /0,75 ) (D-24)
8

For this study, the nominal flight time from Earth to Mars is 0.1523 « 10
sec. Taking T to be this value and arbitrarily letting Teax be one week
(0. 6048 - 106 sec), then the position and velocity standard deviations are
given by

_ . i3
px 3,77+ 10 O cax (D-25)

q
!

and

6
o 4,29+ 10 O ¢ ax (D-26)

o

Arbitrarily choosing the position error, o px’ to have a value of 200 km,

gives a random acceleration of

1

= .531. 10" M1 km/sec2 (D-27)

q
1

€ax

1,74 10—8 ft sec2

This uncertainty in acceleration is approximately the same size as the

acceleration due to the uncertainty in the suns gravitational constant.

It should be mentioned here that the rate bias error, €y4’ adding
to the range-rate measurement, had a time constant of 1/3 day associated
with it, This is about the maximum time that any station could continu-
ously track the vehicle. Also, a time constant of this value allowed the
rate bias errors at Goldstone, Madrid, and Woomera to be modeled as a

single state variable for this error analysis study.
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6. FIRST PARTITION DYNAMICS

The first partition of the state vector contains the following

elements:

*E

™M

M

In addition to these positions and velocities, there are the following known

xx1 (1)
xx1 (2)

xx1 (3)

xx1 (4) ]

xx1 (5)
xx1 (6)
xx1 (7)
xx1 (8)
xx1 (9) |

xx1 (10)

xx1 (11)

4

>

xxl (12))

positions and velocities:
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Y3

Z3

_R;, position of earth with respect to
the vehicle.

Ry, position of Mars with respect to
the vehicle.

___B_l, velocity of earth with respect to
the vehicle.

._.Bz: velocity of Mars with respect to
the vehicle.

_ R3, position of sun with respect to the
vehicle.

_ Ry, position of arbitrary, fourth gravitational body

with respect to the spacecraft.
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Let R.,. be and i, ;. be defined by
i/ =i/j

By = By~ &y and

1
i, = =——R.,.
i/; Ri/j i/

And let the gravitational constants for the four bodies be designated by

B Boyr pgo and My Then the equations of motion of the vehicle, in

a four body gravitational field; are

. " m " m
R = - __1 R - ___2 R ____3 R - ___4i
Ry R3S 3R 3 8 3
1 2 3 4
m " n
2 3 4
* 23 R,nt 23 Ry ? 23 Rynn
2/1 3/1 4/1
I N ] H H‘ H P‘
R, = - 1 R __2_& .3 R, - _4
2 R3t1 3R 3 3
1 2 3 4
™ L .t
* 23 Ri/2 i R3/2 23 Ry
1/2 3/2 4/2
oo [t M M xs
R, = -—3 R -—%R,-—3 R -—5 B
3 23 ol 3827 ¢ 37 %
1 2 3 4
M1 s L, M
+ =3 Ri/3 =3 R,/3 23 Ry/s
1/3 2/3 4/3
) m m m "
o 1 2 o, "3 My
R4"R"'3'31 R352 R353 23
1 2 3 4
b " by
3 + —_—
+ 23 Ri/a 23 Ro/at 23 R3/4
1/4 2/4 3/4

(D-28)

(D-29)

(D-30)

(D-31)
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The partial derivatives of Bl and gz with respect to elements of

the state vector are needed to generate the updating (or transition)

matrix. These partial derivatives are given by (D-32)
.. © M p M e
sR. = |- 1, 2 3, 4\ 43 L,; ;T
1 r3 R3 R3 R3 g3 171
1 2/1 3/1 4/1 1
v 3 ey L Taa M3ooT M Tl
r3 L1t R3 13711371 R Lantan | 21
2/1 3/1 4/1
M M M M
2 2 2. .T 2 . . T
* <'R3 +R3 )“3;37%12 '3R3 i9i,71 | 88,
2 2/1 2 2/1
.. b My Ll R, | By . T
8R, = <’;3’+R3 >I+3‘TR i '3R3 L4/, | &)
1 1/2 1 1/2
B B M M B
+ |- 1o, f2, M3 PaNigg Ly 5 T
R3 RO R3 R R Li1/2-=1/2
1/2 2 3/2 4/2 1/2
+321iT+3——E§—i L Tas 4, Tleg
R3 272 r3 3/2-3/2 r3 4/2-4/2 =2
2 3/2 4/2
(D-33)

7. THE TRAJECTORY INTEGRATOR

Let the z vector be composed of the following 24 elements! X,, ¥,
Z1s Xy Yy 20 Xgb Vo Zgs Xgo Vg0 Zg0 Xp Yy By Xy Yo %0 X3 V3o
é3, X, V0 :24. Then the equations of motion, given by Equations (D-28)
through (D-31), can be written in the following form,

z = f(z) (D-34)
Let AT =t,,, - t.. Then Equation (D-34) can be integrated by
5
= D-35
Zipp T 2yt agky tagk, *agky gk, 70 (ATT) (D-35)
where
k, = AT 'f—(—1)
k, = AT £(£1+a1 _151)
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ky = ATE(z;+ by k) +b, k)
ky = aTLz;tepky te,k, tegks)

A suggested set of integration constants is

-1 = 1 - -
2 = 3 P17 27% P27 B cp =0
c, = 1-¢ c, = 3 = =1 =2
2 - 3 3 7 °9% @ T %" 2 37 %
az may be chosen so as to minimize the truncation error in Equation
(D-35). a, = 1/3 gives the conventional fourth order Runge-Kutta inte-

3
grator. A value of az = 0. 436 was used for this study, which gives an

order of magnitude improvement in accuracy over the conventional

constants.
8. ESTIMATION OF INTEGRATOR ERROR

One of the input parameters in a tracking and navigation error
analysis study is the data sample-rate. Rather than squarely face the
problem of how often to sample the data, it was decided to let the com-
puter program pick its own sample rate. This was done by inputing a
position accuracy requirement to the trajectory integrator equations.

The integrator then chose AT to give this accuracy. Thus the program
chose a small AT during times of rapid changes in the trajectory, and
chose a large AT when the character of the trajectory was slowly changing.
The equations which implement the automatic adjustment of integration

step size, for an nth order integrator are shown below.

In order to integrate from time ti to t, .y, assume that three inte-
grations are made: one integration from t,tot., o3 the result being

integrated from t tot. s and one integration from t. to ti+1 directly.

ite 5
Integration from t,tot,, o for an nth order integrator, may be

represented by

éT_)n'i"l

A - =2
Zit5 - & (EiHE(z
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+
where AT = ti+l - ti’ and where e (AT/Z)n 1 is the truncation error

associated with the particular integration scheme being used.

Integration from t.y g tot,,, is given by

A ntl
A _ n+l AT
Zit1 ~ & [—z-i+.5+3(AT/2) :\ +-e-(z)

or

A n+l n+1
2 +igﬁ e (ﬂ) +3(§_r_) (D-37)

itl1 - Zi+1 2 2

A single integration from t.tot. ) would yield

/2, = z, +eATn+:l (D-38)
=itl =i =

Subtracting Equation (D-37) from (D-38) will give

+1 A
aT\* n+l g1 _ A _A
(T) [(2 -DI- ’a?] e = Zi4y " Zi4]

Thus
ntl -1 A
- (-2 ntl_gyp. &) (3 -2 ]
e = (AT) [(2 DI ag] (-Z-i+1 Ei+1) (D-39)
As a first approximation, 8&/8& =1, so
+1 A
L L2\ a A _40
£7 Tafl (AT) (51+1 - £i+1) (D-40)
2 -2
For 09gloz = 1
” T
In situations where z = =1 , a better approximation is
z
=1
%8 _ [ 12T
9z 2
0 I
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In this case

>

\

i+ 2)

~.
-

(D-41)

S

e = 1 (2)n+1 I I—————AT /z\ -
- 2n+1_2 AT 2(2n+1_2) (—1+1

z, T 0 1
For E.. = ['Zl] 0n1Y¢

Knowing e, and assuming e remains relatively constant from one cycle to

the next, a value of AT for the next cycle may be picked to give any
tegration error. Eqguation (D-40) was used for this study, and

found to be entirely satisfactory for controlling AT.

A
For example suppose that z = [z1 él]T and the error in /Z\l (the

position error) is to be controlled. From Equation (D-37), the position

error in the next cycle is (for 8&/85 = I)
, ntl

- AT
LT

Let the magnitude of the allowable position error vector be

kilometers
p seconds of integration

Then

AT n+t+1
- i+l
8, AT, = 2|e1|( 5 )

Substituting Equation (D-40) into the above, and solving for ATi+l gives

1
n

(2"-1) 6 AT,

. P AT, (D-42)
it+1 A 1

Z

zZy- 1|

10

Equation (D-42), with n = 4 and 6p =0.695+ 107~ km/sec, was

used for this study. This gave an integration step size of AT = 6 sec
in the vicinity of the earth; AT = 12 hr in deep space; and AT = 111 sec
at Mars perifocus.
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Caution! When operating with very small values of 6p (and small

integration step sizes), there is a very large loss of significant figures
A

in the quantity z - 2 . Generally, integrator equations can be written

>

in the form

Zi C ZitAZy
AR A A
Thus the loss of significant figures is diminished if we let z - 2z = Az - Az.
9. GENERATING THE UPDATING MATRIX
Briefly reviewing, the equations of motion are given by
z = £(2) (D-43)

Integration of this vector differential equation is accomplished by

EF gi+a151+a252+a35_3+a4;<_4+0(AT5) (D -44)
Where
k, = AT f(z,) AT =t -t (D-45)
k, = aTf(z;+2, k) (D-46)
ky, = AT f(z;+b; k, +b, k) (D-47)
54 = ATf_(_z_i+clkl+c2§2+c3E3) (D-48)

A suggested set of integration constants is

= L = L = =
21 72 by =275 b2’6a3 cp =0
c, = 1-c¢ c, = 3 = =1 =2
2 3 %3 7 °9% ¥ T % T %% 379
where o, is chosen to minimize 0 (ATS) .

3
Let x be the state vector of unknowns, and let x be a subset of z.

It is seen that Equation (D-44) is of the form

X = B (X9 (D-49)
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The updating matrix, U, is defined by

0X .
Fay BE _ —itl
U= 3% 7 7%, (D-50)
=i =i
Thus, from Equations (D-44) through (D-48), it is seen that
k. ok ok ok
- =1 =2 =3 —=4
U = I+af1 a§i+a2 aii +a3 a§i+a4 5% (D-51)
where
ok
-1 _ AT at (D_5K2)
CEN 3x VD34
evaluated at z;
2k ok
52 ar ok =
5% AT 5% [I+a1 5 ] (D-53)
=i = =i
z; * a151
dk dk ok
=3 _ 9f = =2
ax. AT o x [I+b1 9x. +b2 8x.] (D-54)
=i = =i =i
2;t Pk thy Kk,
ok ok dk ak
—4 _ of -1 -2 -
=, - 2T 3% [” ez TR, TS Bx_.] (D-55)
=i = =i =i =i
zytepkyte,ky+ek,

An alternate, and more common, method of obtaining the U matrix

is to solve the matrix differential equation

8f .nd U, =1 (D-56)

9x i

U = V(t) U where V

The suggested set of integration constants rilay be used to integrate the
above equation. However, it can be shown that the solution is independent
of the value of a.. Therefore, we will choose the convenient value of

3
ay = 1/3. Then
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_ 1 1 1 1
U =I+gH +3H, +3H, +¢H, (D-57)
where
H, = aTV. v, =2& (D-58)
1 i i~ dx ¢
i
= 1 _ of
Hp = AT Vi 5 [“ ZHI] Vit.s T 9% (D-59)
=lt.
i+ .5
= 1
H, = ATV, [1+ ZHZ] (D -60)
H, = ATV [1+H,] A% = 8% (D-61)
4 it1 3 i+l © Bx |
it+1

This method of solving for the updating matrix has the advantage of
needing only three evaluations of 9f/8x as compared with four evaluations
of 8f/9x for the first method [Equation (D-51)]s And these three evalua-
tions may be reduced to two, for error analysis studies, by saving the
last cycle's last value of 3f/8x, to be used as the current cycle's first
value of 8f/0x. An advantage of the first method is that the accuracy of
the U matrix is directly related to the accuracy of the trajectory inte-
grator, whose accuracy is controlled by choosing a suitable value of aye
Also, in the first method, the evaluation of 8 f/8x may be done concur-
rently with the evaluation of f. Since both of these quantities have many

variables in common, 9f/3x is more quickly evaluated in method I.

If Equation (D-57) is used to obtain U, then a value of z at time
ti, 518 needed to evaluate Vit .5 If Ziy 1s obtained from Equation

(D-44), then z;, 5 may be conveniently calculated from

~ 4
Zyg = 2;tB kB Rk, Bkt Bk, tO(ATT) (D-62)

where the k's are given by Equations (D-45) through (D-48), and where

(using the suggested integration constants)

- = —l ——1- —- ——
By =22 Pp =3-B3 By =7 Py =723
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Both methods of obtaining U; for a 6000 sec, circular, xy plane,

earth orbit; were tried.

for one orbit, i.e., 8§6000/8§0’ is

The theoretical value of the product of all the U's,

1 0 o0

|
|
-18,849556 1 o |
|
I

.01973 9209 0 0 :
0 0 0 |

|

|

0 60 o

0 0 0
0 -18,000 0
0 0 0

1 18.84 9556 0

Theoretical Value

Using AT = 100 sec and a

of 9% ¢400/ 9%

= 0.436, method 1 gave the following

3
value of aEéOOO/BEO:
0.99981  -0.47-10" 4 0 ~0. 066 -0, 17 0
-18. 8491 1.00008 0 17 -17999. 6 0
0 0 0. 9999997 0 0 ~0. 0055
0.0197386 -0.88¢ 10 ' 0 0.99981  18. 8491 0
0.88- 107 0.38 10" 0 0.47-10"% 1.00008 0
0 0 0.6 1078 0 0 0.9999998

Value of 856000/8§0 Using Method 1
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Direct integration of U = V(t) U, using AT = 100 sec, gave the follow-
ing value of 8§6000/8§_0:

1, 6 0.12 0 184 580.5 0

-20 0. 715 0 577  -18,954 0

0 0 0.9999995 0 0 -0.61° 107 %

0.021  0.0003 0 1.6 20 0

-0.0003 -0.9+10"% o -0.12 0.715 0

0 0 0.7210°% | o 0 0. 9999994
Value of 8§6000/8_§0 Using Method 2

It is clearly seen that method 1 is much more accurate than method

2. Thus, method 1 was used for this study.

The method 1 equations [Equations (D-51) through (D-55)] were
used to generate the U1 updating matrix for the first partition of the
state vector (see Section 6). The form of the matrix V, for the first

partition elements is

<
I

o 1|
(D-63)
A 0

where all submatrices are 6x6, and the elements of A are given by
Equations (D-32) and (D-33). Substituting this V into Equations (D-51)
through (D-55), and using the suggested integration constants, will yield

i 2 2 | 2 |
AT AT AT AT
I+(2-3a5) 80— A, +a, S5—A, |[(2—3a3)——3 A2+a3ATA3] o
2 4
AT AT I
e '+1AT
o AT AT : AT? aT?
(2-3(1/3) TA2+ ag ATA3+TA1 |I + (2-303) TAZ + aq ——2—A3
3 3 [ 2 4
AT AT AT AT AT
* T At iz A3t Iz Aafe |+ =5 A4t 33 24 B .
(D -64)
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N Dy U T s — my W

where A. 1is evaluated at Ei

A, 1is evaluated at z. + 1 k
-1 2—=1

A_ is evaluatedatz.+ b, k, + b, k
—1i 1-=1 2 —

3 2

A4 is evaluated at§i+ 02_1§2+c3 _153

b, = -1--b b, = 1 c, = 1-c¢ c, = 3¢
1 2 2 2 6a3 2 3 3 3

Use of Equation (D-64) substantially reduces computing time and storage

requirements,

The U, matrix is 8x.xli+1/8xxll . The U, matrix is 8xxli+1/8xx21.

Nonzero elements of the U2 matrix are due to the random acceleration

components; € € € see i 5 These components are
P » S ax? ay_’ az’ ( Section )o P
assumed to be constant across the integration interval. Thus

AT?/2 0 0 0o 0 0 0 0
0 ATZ/Z 0 0o 0 o0 o0 O
0 0 at?/2 0 0o 0 0 o0
AT?/2 0 0 o 0 0 0 o0
0 aT?/2 0 o 0 0 0 o0
u, = 0 0 at/2 0 0 0 0 0 |(D-65)
AT 0 0 o 0 0 0 0
0 AT 0 0o 0 0 0 0
0 0 AT O 0 0 0 0
AT 0 0 0o 0 0 0 0
0 AT 0 o 0 0 0 0
0 0 AT o 0 0 0 0
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U3 is axxzi_‘_l/aﬁli. U3 is zero. U, is axx2i+l/axx2i. From
Equation (D-20) it is seen that

U4 (,J) = 0 for I = J (D-66)

U D) = exp | AT/TI| (D-67)

where T, is the time constant associated with the I th state variable in

the second partition of the state vector.

SVEAD has no provision to take advantage of diagonal U, matrix.
To save machine time, the PF(15) flag will be set to 1. This is the

option for an identity U 4 matrix in the block 30 equations.

= (D-68)
The J matrix will now be corrected for a diagonal U4 matrix in block 31,
by means of the equations

J3 = UyJdy = U4(I,I) J3(I,K) I=1,8 K=1,12 (D-69)
and

Jy, = U, 3,0, = U,(L 1) J,(L K) U (K, K) (D-70)

where I =1,8 and K=1,8
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THE STATE NOISE

From Equation (D-20) it is seen that the state noise vector is

~ 1
r = v
0
112 zeros (D-71)
0
T, VI-a.Z W, .
1 i i,i
»- 2 W
T2Vt Wa i

N 2
Tg 1—a8 W8’i

-

where WI : is uncorrelated, unit variance, zero meah hoise; aI
’ 2
exp(AT/ TI) =

U4(I,I); and oy is the steady state variance of the Ith ele-
ment of the second partition of the state vector when no measurements are

is

being processed. The state noise covariance matrix is defined by

REE[z"z] = [R, R, (D-72)
Ry Ry
Thus, from Equation (D-71), it is seen that
R =R,=R, =0 (D-73)
R4(I, J) = 0 for I % J (D_74)
R (LY) =c>[1-U,( 1)?] (D-75)
4L I 4 (L

The R matrix is added to the state error covariance matrix, J, in
block 31 of SVEAD. Since SVEAD has no R matrix defined, block 31

equations will be of the form
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J4(I, 1) = JALI) + 012[1 - U4(1, 1)°] (D-76)

for 1=1,2,...,8
11. BLOCK 405 COORDINATE TRANSFORMATION

The coordinate transformation matrix, generated in block 405 of
SVEAD, will transform the state error covariance matrix fromx, y, z
coordinates to up, downrange, crossrange coordinates for printout pur-
poses. The u axis (vertical) will be the line of sight from the spacecraft
to Mars. The v axis (downrange) will be in the plane formed by u and
velocity vector of Mars with respect to the vehicle. w (crossrange) will

be taken so as to complete the right-handed coordinate system u, v, W.

The position and velocity of Mars with respect to the vehicle are
X5y Yor Zps 5{2, 3}2, éz . Then x, y, z coordinates are transformed to

u, v, w coordinates by

w]=[E, E, E, x|
\2 E4 Eg Eg Yy (D-77)
Lw- I E7 E8 E9_ i zj
and
. _ -
u = E1 E2 E3 X
D-78
v E, B, E, y ( )
L\;V LE'? E8 E9 z
where

_ 2 2 2
ElO —\/x2 +y2 + z,

E|, = (X3, +y,¥, +2,2,)/Eqg

[ .2, .2 .2
Elz‘\/x2+yz+zz E
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E|=x,/E,
E,=y,/E
E; =2,/E,

Eg=G, -E ED/E,
Eg=(y; -E| E)/E),
Eg = (2, -E| E5)/Ep,
E;=(Ey 2, - E3¥,)/Ey,
Eg = (E3 %, - E) 2))/E|,
Eg=(E; ¥, - E; %)/ E),

The T3, coordinate transformation matrix, in block 405 is given by

T3(1,J) = E(J) T3(2,3) = E(J+3) T3(3,J) = E(J+6)

T3(4,J+3) = E(J) T3(5, J+3) = E(J+3) T3(6,J+3) = E(J+6)

T3(7,J+6) = E(J) T3(8,J+6) = E(J+3) T3(9, J+6) = E(J+6)

T3(10, J+9) = E(J) T3(11,J+9) = E(J+3) T3(12,J+9) = E(J+6)
J=1,2,3

12. TABLE OF P'S AND OTHER INPUT QUANTITIES

The bridge, or link, between the engineering equations developed in
the previous sections, and the SVEAD programming instructions, is given
by the table of P's and the table of E's (next section). The P cells in
SVEAD are permanent storage and input constant cells. A list of the P
cells, together with suggested input values for an Earth-Mars erroranaly-

sis study, is shown below.

P(1) = AT for the first cycle. Program sets AT thereafter. A suggested

value is AT = 6 sec.

P(2) = time interval between printouts. Suggested value = 3600 sec.

P(3) = end of case time. Suggested value =. 1522827 . 108 sec, which

is about the time of Mars perifocus.
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P(4) = time of the next printout. Set by the program.
P(5) = a; )
P(6) = bl Integrator constants. A suggested set is
P(7) =b
: a, = e b, = 1 b b, = L c, =0
= =5 -b, = - =
P(8) = ¢, 12 1 2 6a/3 1
P9) =c c,=1l-c c, = 3a a, =a, =1/6 a=§--a
2 2 3 3 3 1 4 2 3
P(10) = 3 (
P(11) = a The above set must be used when generating an updating
! matrix. A suggested value for o, is 0. 436.
P(12) = a,
P(13) = ag
P(14) = a, J
P(15) = allowable vehicle position error/ (sec of integration). A
suggested value is 0. 695 - 10710 km/ sec.

P(16) = maximum allowable AT. Suggested value 108 sec.

P(17) = AT used by the trajectory integrator. Set by the program.
P(18) = last cycle's value of AT. Set by the program.

P(19) = x position of earth with respect to the vehicle.

P(20) = y position of earth with respect to the vehicle.

P(21) = z position of earth with respect to the vehicle.
P(22) = x position of Mars with respect to the vehicle.
P(23) = y position of Mars with respect to the vehicle.

P(24) = z position of Mars with respect to the vehicle.
P(25) = x position of sun with respect to the vehicle.
P(26) = y position of sun with respect to the vehicle.

P(27) = z position of sun with respect to the vehicle.
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P(28) = x position of arbitrary body with respect to the vehicle.
P(29) = y position of arbitrary body with respect to the vehicle.
P(30) = z position of arbitrary body with respect to the vehicle.
P(31) = x velocity of earth with respect to the vehicle.

P(32) = y velocity of earth with respect to the vehicle.

P(33) = z velocity of earth with respect to the vehicle.

P(34) = x velocity of Mars with respect to the vehicle.

P(35) = y velocity of Mars with respect to the vehicle.

P(36) = z velocity of Mars with respect to the vehicle.

P(37) = x velocity of sun with respect to the vehicle.

P(38) = y velocity of sun with respect to the vehicle.

P(39) = 2z velocity of sun with respect to the vehicle.

P(40) = x velocity of arbitrary body with respect to the vehicle.
P(41) = y velocity of arbitrary body with respect to the vehicle.
P(42) = z velocity of arbitrary body with respect to the vehicle.
Other designations of the above P's, with suggested input values, are
P(19) = x| = xp = xx1(1) = . 6264 2296 - 10% km ‘

P(20) =y, = yg = xx1(2) = . 1278 1681 - 10% S
P(21) =z, = 2, = xx1(3) = -. 1635 1867 - 10% )

P(22) = x, = x,, = xx1(4) = . 6840 2704 - 108 |

P(23) =y, =y, = xx1(5) = -. 9263 8206 - 108 L R,
P(24) = 2, = 2, = xx1(6) = -. 4439 9169 - 108 )

P(25) = X3 = X = 9755 8797 - 108 ]

P(26) =y, = yg = . 1058 4733 10” r  Rj
P(27) = 2, = zg = . 4590 0069 * 10° )
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P(28) = x, = . 1267 1489 - 10°

4
9 R, at the antipode of Mars to
P(29) =y, = .3043 32866 - 10 prevent divisions by zero on non-
P(30) =z, =. 1361 99307 - 109 IBM equipment.
.. -1 )

P(31) = %, = % = xx1(7) = . 3164 3128 - 10 km/sec
P(32) = §, = ¥5 = xx1(8) = . 9655 8893 - 10} R,
P(33) = &, = iy, = xx1(9) = . 6063 0606 - 10} ,
P(34) = %, = %, = *xx1(10) = . 2733 1554 - 10° ‘

_ . _ _ . 2 .
P(35) = 7, = ¥) = xx1(11) = . 2660 0217 - 10 bR,

L _ o2
P(36) = &, = ,, = xx1(12) = . 1271 8872 * 10 )
P(37) = %, = %g= -. 2221 8499 - 102 )

P 102 :
P(38) = ¥, = yg= - 2739 5139 + 10 » R,
P(39) = %, = 5., = . 1375 6207 » 10° | ,

3°%s
P(40) = %, = -47.17 01534 1
P(41) = ¥, = 28. 19 0061 b R,
P(42) = %, = 14. 79 3542 : )
P(43) = By = p_= = .3986 032 + 10° km3/sec?
1 E earth =~ °

- - - - e 102
P(44) = By = Byt = Pyars - «4297 78 * 10

o _ . ial2
P(45) = iy = g = phgun =+ 1327 15445 ° 10
P(46) = by = 0
P(47) = x direction cosine of star (Canopus) = -. 06102 7528

P(48) = y direction cosine of star (Canopus) = . 6032 5508

P(49) = z direction cosine of star (Canopus) = -. 79521
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P(50)

P(51),
P(52),
P(53),

P(54),

P(55)

P(56)

P(57)

P(58)
P(59)

P(60)

P(61)

P(62)

P(63)

P(64)

= rN, nominal radius of Mars = 3410 km.

multiplies first row of measurement matrix = 0 or 1.
multiplies second row of measurement matrix = 0 or 1.
multiplies third row of measurement matrix = 0 or 1.
multiplies fourth row of measurement matrix = 0 or 1.

Set zero to delete measurement.

T

Tl’ time constant of random x acceleration.

€ax
=T, ay - T,, time constant of random y acceleration,
= Te az - T3, time constant of random z acceleration.

Suggested values are ., 6048 106 sec = 1 week.

= eyl = T4 = time constant of ''bias'' adding to first measurement.
=T, y2 = T5 = time constant of ''bias'' adding to second measurement.
=T, y3 ~ T, = time constant of "bias'" adding to third measurement.

Suggested values are 0.3024 - 10° sec = 1/ 2 week.

T =T, = time constant of ''bias' adding to fourth measurement,

€y4

Suggested value =, 288 - 105 seconds = 1/ 3 day.

Te . T8 = time constant of error adding to nominal radius of Mars.

Suggested value is ., 864 105 sec = 1 day, to account for changing

error due to oblateness simplifications, etc. in the software.

2 . .
=0, . - variance of random x acceleration.
2 . .
=0, ay = variance of random y acceleration.
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P(65) = Uezaz = variance of random z acceleration.

11 km/ secz)z which give position

errors of about 200 km in 176 days.

Suggested values are (« 531 ¢ 10~

_ 2 . 2 _ 2 2 : s hiag!
P(66) = eyl ™ Tey T TeMl o gy Equation (D-7). Variance of ''bias

error adding to first measurement (cone angle). Suggested value =
(1.921 » 10732 + (1.746 + 1073)2 = (2.597 - 107> rad)®. For
improved optics, afyl = (0391 10732 + (0. 407 - 1073)% =

(0. 5645 + 107> rad)2 .

2 _
€yl €0

Calculated by the program in block 31 from Equation (D-8),
P(67) = P(75) P(71) + P(76) P(72).

P(67) = ¢ = variance of '"bias'" error adding to clock angle.

_ 2
P(68) = U€y3

Calculated by the program in block 31 by P(68) = P(78) +
[ B(79) P(77)/ 100]%

= variance of '"bias'" error adding to the subtense angle.

2

P(69) = T ya = 0. R

= variance of ""bias'' error adding to the range-rate

5

measurement. Suggested value = (1077 km/ sec)z. Note,

107° km/ sec = . 0328 ft/ sec.

P(70) = 0'?; r variance of error adding to nominal radius of Mars.

Suggested value = (20 km)z.

P(71) = U;ZMZ = variance of Mars clock angle ''bias'' error, see Figure 2.
Suggested value = (1. 921 » 10-3 rad)Z. For improved optics,
2 -3 2
U€M2=(.391' 10 ~ rad)”.
P(72) = Gezcz = variance of Canopus clock angle ''bias' error, see Figure 2.

3

Suggested value = (. 873 ° 10° rad)z. For improved optics,

2 - 2
cf 5= (39110 3 rad)l.
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1

P(73) = variance of clock angle uncorrelated noise due to Mars sensor.
Suggested value = (0,349 * 10”4 rad)?, equivalent to 0. 1746 « 103

rad errors averaged over 25 measurements,

P(74) = variance of clock angle uncorrelatednoise due to Canopus sensor.
Suggested value = (0,1746 ° 10-4 rad)z, equivalent to 0,873 ° 10-4
rad errors averaged over 25 measurements,

P(75) = 1/ sin®y, ¥ is the cone angle.

> Calculated by the

P(7¢) = 1/ ¢in“d, & is the Sun-Canopus angle. . .

N ol ° program in block 24.

P(77) = @, the subtense angle in rad.

P(78) = lower limit of subtense angle bias error variance. Suggested
value = (. 873 » 10_3 rad)z. For improved optics, P(78) =
(.485 - 1077 raa)Z,

P(79) = percentof subtense angle contributing to subtense "bias" error stand-

ard deviation. Suggested value=1. For improvedoptics, P(79) = 0.

The uncorrelated measurement noise statistics are given to the
filter by means of the W matrix, the measurement noise covariance

matrix. Suggested input values are shown below,

W(1, 1) = variance of uncorrelated measurement noise adding to the
first measurement (the cone angle ¢). Suggested value =
(0.-4935 - 10-4rad)2, equivalent to 0. 247 » 10™3 rad errors
averaged over 25 measurements,

W(2, 2) = variance of uncorrelated measurement noise adding to the

second measurement (the clock angle 6). Calculated by the
program in block 24 by W(2, 2) = P(71) P(75) + P(72) P(76), see
Equation (D-8).

W(3, 3) = variance of uncorrelated measurement noise adding to the third
measurement (the subtense angle o). Suggested value is
(.1745 - 1074

averaged over 25 measurements,

rad)z, equivalent to 0.873 - 10"% rad errors
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W (4, 4) = variance of uncorrelated measurement noise adding to the fourth
mecasurement (range-rate). Suggested value = (0,732 ¢ 10-5
km/sec)z, equivalent to 0. 12 ft/ sec per 1 sec sample, 25

samples averaged.

Suggested values of the initial state error covariance matrix, for the
first partition, are shown below.
JIL, 1) = (2 km)z, initial uncertainty in Xp o
J1(2,2) = (2 km)z, initial uncertainty in Vg
J1(3,3) = (2 km)z, initial uncertainty in Zp
J1(4,4) = (220 km)z, initial uncertainty in X\
J1(5,5) = (220 km)z, initial uncertainty in Yo
J1(6,6) = (220 km)?, initial uncertainty in e

Due to periodic terms in the state transition matrix, these 220 km
initial position errors grow to about 500 km in 170 days (a quarter of a
Mars orbit). 500 km is felt to be a reasonable uncertainty in the Mars

ephemeris, at least at the present time.

JUT,7) = (2 ¢ 10”3 km/ sec)z, uncertainty in )'(E .

J1(8,8) = (2 10”3 km/ sec)z, uncertainty in }.'E .

3

71(9,9) = (2 107% km/ sec)?, uncertainty in g .

T1(10, 10) = 0. 40025 « 10™> (km/ sec)®, variance of x,, error.

M

J1(11,11) = 0,40025 - 10-5 (km/ sec)z, variance of S;M error.

J1(12,12) = 0,40025 « 1072 (km/sec)z, variance of z_, error.

M
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| J1(10, 10) was obtained in the following manner. Let

.GM/ v o velocity error of Mars with respect to the vehicle.
EM/E =velocity error of Mars with respect to the Earth.

EE/ v - velocity error of earth with respect to the vehicle.

g Then

L]

EM/V=EM/E+€E/V (D-79)

i and

E[EM/V]=E[E§A/E]+E[;§:/V] (D-80)

Based on experience, it has been found that velocity errors, of objects in
circular orbits, are related to position errors by the approximate

equation

. ~ [ _velocity of Mars 2
E[e M/ E ] (Sun-Mars distance) Ele M/ E

10" 14, 5002

n

Thus Equation (D-80) becomes

-1

500%. 1071+ 7107, 7)

1

J1(10, 10) =E[é§4/v]

. 40025 « 107> (km/ sec)®
Likewise for J1(11,11) and J1(12,12).

Off-diagonal terms appear in the error covariance matrix in the

following way.
Jl(?, 10) = E[EM/VGE/V]
But from Equation (D-79), it is seen that

T1(7, 10) = E[EIZE/V]= .4+ 1072 (km/ sec)?
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Thus

T1(7,10) = .4 107° (km/sec)’
J1(8,11) = .4+ 107°
71(9,12) = .4+ 1072
J1(10,7) = .4+ 107°
J1(11,8) = .4+ 1072
31(12,9) = .4° 107>

Suggested values for the initial state error covariance matrix, for

the second partition, are shown below.

J4(1,1)
J4(2, 2)
J4(3, 3)
J4(4, 4)
J4(5,5)
J4(6, 6)
J4(7,7)

J4(8, 8)

-22 22 _ 2 _

0,282+ 10 (km/sec”) = 0 ¢ ay = P(63)
-22 22 2 _

0, 28210 (km/sec”) = Ueay = P(64)
- 2

0.282+107%2 (km/sec?)” = a:‘az = P(65)

0.673. 10"

5 2 _ 2
rad” = o7 ) = P(66)

0.5+ 1072 rad? = o2 _ = P(67)

ey2

6 near earth only
0.7615+ 1070 rad? = ¢® _ = P(68)
ey3
-10 2 2

10 (km/sec)” = Ceya = P(69)
400 km® = ¢%_ = P(70)

Other inputs to SVEAD are the input dimension numbers

PDI

PD6

12
12

PD2

PD7

8 PD3 =4 PD4=100 PD5 =400

8 PD10=8 PDl2=12

and the input control flags

PF(15) = 1

PF(19) =1 PF(23) =1 PF(27) =1

The material presented in this section contains the necessary

information to run the ERC radio/optical tracking and navigation error

analysis study. Thus this section may be thought of as a user's manual

for this particular SVEAD error analysis study.
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13. TABLE OF E'S

The SVEAD subroutine equations are written in terms of P's and
E's, where the P's are permanent storage cells and the E's are tempo-
rary or working storage. The definitions of the E's used for the dynamics

is as follows:

E, =x;, E; =y, E5 =2z, E, =x, Eg =y, 6 =2
E, =x3 Eg =y; Ey =23 Eg=x, E, 6 =v, E},-=z,
Ej37%-% Eig=v,-7; Ejg=2,-2
Eig ™% % Ey7=v3-7y Eig=23-7
Elg=%4-% Eso= Y4~V Esy®24-7%
Eyp %3 - %, Ey3=Y3-7; Es4 =237
E,g=%4 - %, Ese = Y472 Err=24-7%
E,g = %4 - %3 Erg=Y4-V3 Ejp = 24 - 23
_p2 _nl _ _
Ey) = Ry Ejp =Ry Ej3 =R, Esy =Ry
2 2 2
Ey5 = | Ry - By Ezq = | By - R Ejp= |Bg- Ry
2 2
Eyg = | Ry - By Ejg= |Ry - By Ego = |R4 - By
Eq =Ry Ep =Ry Eg3 =R, Eg "Ry
Eys= | By - Ry Ege = |R3 - Ry Eg7 = |Rq - By
E48=|g3-_112| Eg9= |B-4'&2| E50=|B-4'&3|
3 _ 3 _ 3 _ 3
Eg) = ¥ /Ry Eg, = Ky/Ry Egg3 = K3/R3 Egy = Wy/Ry
e .M E = —Ll o1
i — = 57 =
> IB-Z - B—ll 56 IB3 - B-1| |B4 - B1]3
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E _ HZ E B H3 e . p4
58 R, - 3 59 R - R.I3 607 o R |3
R, - 4] |—3 -1| =4 " ——1|
E61'R 13 E¢2 S E¢s T
=3 R, |—4 - —-2| =3 " ——2|
My g M4
E = E = E =
64 3 65 3 66 3
IRy - By IR, - By |R4 - Rs
| ) M3 My
Eg7 = R 3"1+R 3x2+R 3%3Y 3%
1 2 3 4
E = -—Hl y +—HLZ y +—-'pL3 y +—L4 y
68 - — 31 372 393 3 Y4
Ry R, Rj Ry
E By b2 M3 M3
= —% 2z — Z, + Z, +—% 2
69 Rl3 1 RZ3 2 R‘33 3 R33 4

These are all the E's needed to calculate the acceleration vector. The

following E's are needed for the acceleration partial derivatives.

x y z x, y z
£ % En % Bz °T® E73=§£E74=?2‘E75=iz‘
1 1 1 2 2 2
S R B . -22" N B = a2 %1
76 " TR, - K] 77 7 TRy - Ryl 78 7 TR, - R
*3 7% Y3~ Vi 3 %)
E79 = 7 | Ego = T R, ] Eg1 = TR, - R, |
9 1Ry - Ry R; - &) R3 - By
I S B . -Je’ N P S
82 © TRy - Ry] 83 ~ TR, - By 84 ~ TR, - Ry]
E = *3 - %2 B = Y3 = Y2 E . = Z3 = %
85 = TR, - R, 86 = TR, - R, 87 = TR, - R,
88 ~ TR, - R, 89~ TR, - B, 90 = TR, - B,

-418-




I

91

93

95

97

99

101

103

105

108

"2 *2 7% E = "3 *3° %)
IR, -R,|° |R,-R 22 IR, -R,|® |R.-R
Ry - Ry|™ Ry -Ry| ‘—3 R)| 7 |R;- Ry
"4 ¥4 7% E94 = L13 ﬁ
B, - Ry|” [Ra - By Ry™ Ry
) = - "3 *3-%
3 6 "
Ry Ry ’ R, - 52|3 R; - R,
M4 *4 %2 "M X2~ *)
98 3
B, - Rzl By - Ry R, -Ry|” [, - R
M2 Y2 © V1 B - "3 Y3~ V1
100 3
B, - R, l—z "Ry [Bs -Ry|" R - R
H4 Y4-Y1 F = _El. 2!_
3 102 3
By-Ry| © Ry - Ry Ri™ Ry
e on L PR
104 3
R,” R, Ry -Ry[” Ry R,|
"4 Y4 Y2 e = "1 Y2~ Vi
3 106 3
By -Bo[" By-R, Ro-RBy| " Rp-Ry
b by by My
Eio7 = -3¢ 2l R R R Rl
1 R, - Ry [Rj - Ry o Ry
by H E o - M1 !
- 09 3 3
R, |—1?‘—2'51|3 Ry }Bz‘Rﬂ
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“2 Y Ha My

= + + 3 +
R lgz - Bll IR, - R,| |E4 'B_2|

3
3 =2

The following E's are needed for the trajectory integrator (see

Section 7). I=1, 2, ... , 24.
E(I + 110) = last cycle's value of the 24 element state vector, z.
E(I + 134) = next value of z from a single integration.

E(I + 158) = temporary storage for z.

E(I +182) =z
E(I +206) = k,
E(I +230) = k,
E(I +254) = k,

E( +278) = E‘L
A A
E(J+302)=afl_lg +az_l£

1
A
+°’434)
T=1,2, ..., 12

The following E's are used in block 24 to generate the measurement

matrix, M (I, J).

E =|R_|=I|R E, = |R = |R,l

5 |

(Ey Ey Eg) =i (Eq Eq Eg) = i
E9 = cos Y ElO = cos ¢ E11 = sin Y E12 = sin ¢
(Ey3 By EByg) = iy x i (Ejy Eyq Ejg) = iy X1y,
E19 =Ils xic EZO :I-isxim
s ¥ ic ts X—im
(Ey) Eyp Epy) = (Epy Epg Ejp) = ——— =4y
Ils x 'l'cl Ils xlm|
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E

A
<

14.

9
[

Ess

E32

(Ess

= sin © E2.9 = R__ sin { E30 = sin =
2 r
' N
= R cos 2z E = -
m 2 33 R 2 cos {a/2)
m
Bz B3p) =i, Ezg =i, - Bp

Y, cone angle (deg).

8, clock angle (deg).

¢, Sun-Canopus angle (deg).
o, subtense angle (deg).

E-EQUATIONS FOR ACCELERATION COMPONENTS

The acceleration equations of Section 5 are given in terms of the

E's by

B B3 M

58

58

ESS

Egg

55

Ege

Egp

=

=

56

57

Egq

E57

E3
Eg

E15

E13
E14

15

Ele
E;

18

Eig
EZO

EZl

E

Esq E16 60 T19

5|
=

Egg By7 60 £20

59 18 T Ego By

Egz Expp + Egy Eyg

=1

63 E23 ¥ Egy Eyp

)
=

63 64 27

61 T E¢p F2g

61 Ege E29

=

61 66 30

62 65 E28

62 65 29

2 65 T30
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15, E-EQUATIONS FOR ACCELERATION PARTIALS

The equations of the partial derivatives of the acceleration vector

(see Section 6) are given in terms of the E's by

9%,/3%, = 3(Egy Eqqt+ Eg) Eqg + Egy Eqg+ Eg3 Egy) - Ejgq
9%,/8y; = 3(Egy Eq) + Eg) Eqp + Eg, Egg+ Egz Egs)
9%,/8z, = 3(Egy Ejp+ Eg) Ejg+ Eg), Egy + Egg Egy)

9%,/8x, = 3(Egy E

73 = Eg} E7¢) - Ejog

axl/ay?_ = 3(Eg5 Eqy - Eg) E

8%,/02z, = 3(Egg Eqp - Eg) Eqg)

ayl/axl = asil/ayl

9%,/8y) = 3(E g, Eq) + Egq Eq7 + E g9 Ego + Eyo1 Eg3) = Fro7
8¥,/82) = 3(E gy Eqp + Egq Eqg+ Ejgg Fg) + Eg) Egy)
ay,/9x, = ax,/ay,

8%,/8y, = 3(E g3 Eqy - Egg Eqq) - Ejog

0¥ /02, = 3(E)g3 Eqg - Egg Eqg)

9z, /oax = CEIVEEN

a'z'l/ayl = 8"y'1/8zl

3%,/0z, = - 9X /oxy - By, /8y,

821/8x2 = ai&l/az?_

9z,/dy, = 8¥,/0z,

'aail/az?_ = -8il/8x2 - ayl/ay2
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9%,/0x) = 3(Egy Eqp - Egg Eqg) - E g

8X2/8y1 = 3(Egy Eq) - Egg Eon)

9%,/8z) = 3(Eq, Eqy - Egg Eqg)

9%,/0%, = 3(Egg Eqy + Egg Eqp + Eg¢ Egg + Egy Egg) - E| o

axz/a Y, 3(Egz E

74 T Egg Bgg ¥ Egg Egy + Egy Egg)

0%,/02, = 3(Eqs Eqp + Egg Egg+ Eg¢ Egy + Egy Eg)

a'yz/ax1 = as&z/ayl
9¥,/0y) = 3(B 5, Eqy - Ejgg Eg7) - Egg

a'yz/azl = 3(E10p E72 - Ejog Eqg)

a'yz/ax2 = as&z/ayz
9%,/3y, = 3(E 3 Eqy t Egg Egq T E gy Egg + Eyg5 Egg) - E| |

9Y,/82, = 3(Ey53 Eqg + Ejgq Eqg+ Egy Egy + E oz Egg)
azz/axl = 8%,/8z,
9z,/8y, = 8¥,/0z,

Biz/azl = - aiz/axl- ayz/ayl

aiz/axz = 8X2/BZZ

azz/ayz = 8y2/8z2

9%z,/dz, - asiz/axz - asiz/ay2

The above partials will be stored in the lower right hand corner of

the Al matrix in the PRLTS 2 subroutine, Section 17,
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16.

SUBROUTINE TRAJ2

This subroutine integrates the z state vector (24 elements) ahead

P(17) sec.

derivatives in

Al(I, J) for z = z,

-1

Al(I, J+6) for z =

Al(1+6, J) for z =

Al(I+6, J+6) for

|~
)

1
3k

+b

N

.+ LI=

A

k

l_l+bk J =

2 X
z; tepky teg kg

z,
—i

J

When PF(9) = 0, it also stores the acceleration partial

The integrator implemented here is the one discussed in Section 7. The

programming instructions for the TRAJ2 subroutine are

a)

comment

j)

k)
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DO a I
E(I+158) =
DO 1 J

= 1, 24

P(I+18)
=1, 4

START DERIVATIVE CALCULATION

shown below.

DO j I =1,12

E(I) = P(I+18)

E(I+182) = P(I+30)

DO k I=1,3
E(I+12) = E(I+3) - E(I)
E(I+15) = E(I+6) - E(I)
E(I+18) = E(I+9) - E(I)
E(I+21) = E(I+6) - E(1+3)
E(I+24) = E(I49) - E(I+3)
E(I+27) = E(I+9) - E(1+6)
DO ¢ I = 1,10

K = 3% - 2

E(I+30) = E(K)**2 + E(K+1)%%2 + E(K+2)%%2




1) E(I+40) = DSQRT (E(I+30))
E(51) = (P(43)/E(31))/E(41)

DO m I=1,3

E(I+51) = (P(1+43)/E(1+31))/E(1+41)
E(I+54) = (P(43)/E(I+34))/E(1+44)
| m) E(I+57) = (P(I+43)/E(I+34))/E(1+44)

DO n I =1,2

E(I+60) = (P(44)/E(1+37))/E(1+47)

E(I+62) = (P(I+44)/E(I1+37))/E(1+47)

n) E(I+64) (P(1+44)/E(40))/E(50)

DO o I=1,3

E(I+66) = E(51)*E(I) + E(52)%E(I+3) + E(53)*E(1+6)
+ E(54)*E(I+9)

" N .

E(I+194) = - E(I+66) + E(58)*E(I+12) + E(59)%E (I1+15)
+ E(60)*+E(I+18)

E(I+197) = - E(I+66) - E(55)*E(1+12) + E(63)*E(I+21)
+ E(64)*E(1+24)

E(I+200) = - E(I+66) - E(56)*E(I+15) - E(61)*E(I+21)

+ E(66)*E(1+27)

0) E(I+203) = - E(I+66) - E(57)*E(I+18) -~ E(62)*E(1+24)

- E(65)%E(I+27)
comment END DERIVATIVE CALCULATION
L = (J%(J-1))/2 + 4

IF P(l) = P(17) GO TOh
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b)

d)

e)

g)

h)

IF PF(9) =1 GO TOh
CALL PRTLS2 (see next section)

GO TO (b, d, £, h), J

DO ¢ I=1,6
DO ¢ K =1,6

Al(I, K) = Al(I+6, K+6)

GO TOh

DO e I=1,6

DO e K =1, 6

Al(I, K+6) = Al(I+6, K+6)
GO TOh

DO g 1=1,6

DO g K =1,6

Al(I+6, K) Al(I+6, K+6)

po i I =1, 24

M = I+182+24%7J
E(M) = P(17) * E(I+182)
P(1+18) = E(I+158)

DO i K =1,7

LK = L+K

N = I+182 +24%K

P(I+18) = P(I+18) + P(LK)* E(N)

RETURN




Ty y——. .. -

17. SUBROUTINE PRLTS 2

This subroutine calculates the 36 acceleration partial derivatives
(see Sections 6 and 15) and stores them in Al (I+6, J+6) where
I =12, ..., 6and J = 1, 2, ..

are

.» 6. The programming instructions

DOa I =1, 3
DOa K = 1, 5
IK = 3%*K+I1I+9

a) E(IK + 63) = E(IK)/E(K + 44)
DOb I =1, 3
K = 3%1+73
E(I +69) = E(I)/E(41)
E(I + 72) = E(I +3)/E(42)
E(I +90) = E(I +57) * E(K)

b) E(I+98) = E(I+57)% E(K + 1)
DOc I = 1, 2
K = 8 %1
E(K +86) = E(51) * E(I + 69)
E(K +87) = E(52) * E(I + 72)
E(K + 88) = E(63) * E(I + 84)
E(K +89) = E(64) * E(I + 87)
c) E(K +90) = E(55) * E(I + 75)

E(107) = E(51) + E(58) + E(59) + E(60)
E(108) = E(52) E(58)

E(109) = E(51) E(55)

E(110) = E(52) + E(55) + E(63) + E(64)
DOd4d K =1, 2

M= -K + 4

KK = 8 * K

DOdI =1, M

IK = I+K
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d)

f)

Al (K + 6, IK +5) = 3.D0 * (E(KK + 86) * E(IK + 68)
+ E(KK + 83) * E(IK + 74) + E(KK + 84) * E(IK + 77)
+ E(KK + 85) * E(IK + 80))

Al (K +6,IK + 8) = 3.D0 * (E(KK + 87) * E(IK + 71)
- E(KK + 83) * E(IK + 74))

Al (K +9,IK +5) = 3,D0 * (E(KK + 86) * E(IK + 68)
- E(KK + 90) * E(IK + 74))

Al (K +9,IK +8) = 3.DO0 * (E(KK + 87) * E(IK + 71)
+ E(KK + 90) * E(IK + 74) + E(KK + 88) * E(IK + 83)
+ E(KK + 89) * E(IK + 86))

DOe K =1, 2

L = 3%*%K

DOe I =1, 2

IL = I+L +3

IML = I-L+12

Al (IL, IL) = Al (IL, IL) - E(L + 104)

Al (IL, IML) = Al (IL, IML) - E(K + 107)
DOf I = 3, 6, 3
DOf K= 3, 6, 3
Al (K +5, I +4)
Al (K +6,I+4)
Al (K +6,I+5)

"

Al (K +4, I+5)
Al (K +4, I +6)
Al (K +5, 1+ 6)

Al (K +6,1+6)
RETURN

-Al (K +4,1+4) - Al (K +5,1+5)

18. BLOCK 28 PROGRAMMING INSTRUC TIONS

Block 28 equations are used to integrate the trajectory ahead AT

sec, and to estimate the integrator error. The equations of Section 8

are used to estimate the integrator error, and to adjust AT, for the next

cycle, to give the required integration accuracy. The programming in-

structions are
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P(17) = P(1)
P(18) + P(l)




a)

d)

CALL TRAJ2
DO alI =1, 12

E(I +302) = P(11) * E(I + 206) + P(12) * E(I + 230)
+ P(13) * E(I + 254) + P(14) * E(I + 278)

DOb I = 1, 24

E(I + 134) = P(I + 18)

E(I + 110) = E(I + 158)

P(I +18) = E(I + 158)
P(17) = P(1)/2.DO
CALL TRAJ2

DOc I =1, 12

E(I +302) = E(I +302) - P(11) * E(I + 206)
- P(12) * E(I + 230) - P(13) * E(I + 254)
- P(14) * E(I + 278)

CALL TRAJ2

P(17) = 0.DO

DOdI = 1, 12

E(I +302) = E(I +302) - P(11) * E(I + 206)
- P(12) * E(I + 230) - P(13) * E(I + 254)
- P(14) * E(I + 278)

P(17) = P(17) + E(I + 302) #% 2
P(17) = DSQRT (P(17))

P(l) = P(1) * (({(15.D0 * P(15) * P(1))/P(17)) ** . 25)
IF P(l) < P(16) GO TO e

P(1) = P(16)

IF PF(2) = 0 RETURN
Print T, P(1), P(I+18) I = 1, 24
RETURN

Note the nonstandard SVEAD printout of time, next AT, and the

24 elements of the state vector.
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19. BLOCK 291 PROGRAMMING INSTRUCTIONS

The equations in this block generate the elements of the 12 x 12 Ul

updating matrix by the method suggested in Section 9. Also generated
here are the elements of the 12 x 8 U2 matrix, and 8 x 8 U4 matrix (U3

is zero).
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The programming instructions are

a)

b)

c)

d)

K = PD1/2

E(l1) = 2.D0 - 3.DO0 * P(13)
E(2) = P(18) *%2

E(3) = P(18)/6.D0

E(4) = P(13) * P(18)

E(5) = E(1) * P(18)/3.D0
E(6) = E(2)/6.DO0

E(7) = E(2)/4.DO

E(8) = P(13) * E(2)/2.D0
E(9) = E(1) * E(6)

E(10) = E(6) * P(18)/2.DO0
E(11) = E(6) * E(7)
pDOb I =1,K

I
DOa J= 1K

UL (1, J) = E(9) * Al (I, J +K) + E(8) * A1 (I + K, J)
Ul (L, I) = Ul (I, I) +1.DO

PDOclI=1,K

DOc J=1,K

Ul (I+K, J+K) = U1(, J)
Ul (I, J+K) = 0.DO

Ul (I +K, J) = 0.DO

pod1I=1,K

pod J =1, K

DOd L =1, K

Ul (L J+K) = Ul (I, J+K) + Al(I+K, L)
*Al (L, J)

Ul (I+K, J) = UL(I+K, J)+Al I+K, L+tK)
*Al (L, J+ K)




DOfI=1,K
DOe J = 1, K
Ul (I, J) = Ul (I, J)+ E (6) *Al (I, J) + E (11)
*ULl (I, J+ K)
Ul(I+K, J+K) = Ul(I+K, J+K)+E (6) *Al (I + K,
T+K)+E (11) * Ul (I+K, J)

Ul (I+K, J) = E(10) %(Ul I+ K, J)+ Ul (I, J+K))

+ E (3) (Al (I, J) + Al (I+ K, J+ K))
Al (I, J) = E (5) *Al (I, J+ K) + E (4) *Al (I + K, J)
Ul(I+K, J) = UL@+K, J)+ Al (I, J)

e) Ul (I, J+ K) = E(7)*Al (I, J)

f) UL(, I+K) =Ul(, I+K)+ P (18)
DO g I=1, PD2

g) U4 (I, I) = DEXP (-DABS (P (18)/P (I + 54)))
U2 (1, 1) = .5 DO %P (18) *P (18)
DOh I=1, 3
U2(, I) = U2, 1)

U2 (I+3,I) = U2(1, 1)
U2(I+6,I) = P(18)
h) U2@+9, I = P(18)

20, BLOCK 31 PROGRAMMING INSTRUCTIONS

SVEAD has no provision to take advantage of a diagonal U4 matrix
other than U4 = I. To save machine time, the PF (15) flag will be set to
1 for the runs. This is the option of an identity U4 matrix in block 30,
The J matrix will then be corrected in block 31 for a diagonal U4 matrix

by means of the equations
J3 = U473
J4 = U4 J4 U4
The programing instructions for these equations are

DO a I = 1, PDI
DO a J = 1, PD2
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a)

b)

c)

J3(1, J) = U4 (I, I)*J3 (1, J)

DO b I = 1, PD2

DO b J = 1, PD2

J4 (I, J) = U4 (I, I) *J4 (I, J) *U4 (J, J)

The state noise covariance matrix, discussed in Section
is added to the J matrix by means of the equations

P (67) = P (75) *P (71) + P (76) *P (72)
P (68) = P (718) + (P (79) * P (77)/100, DO) %2
DO ¢ I = 1, PD2

J4 (I, I) = J4 (I, I)+ P (I + 62) ¥(1. D0 - U4 (I, I) *%2)

2l BLOCK 24 PROGRAMMING INSTRUCTIONS

developed in Sections 3 and 4. The programming instructions are
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a)

b)

DO a J =1, 2
K = 3%J

E (J) = DSQRT (P (K + 19) **¥2 + P (K + 20) **2
+ P (K + 21) *=x2)

DO b J =1, 3
E(J+2) = P(J+21)/E (1)
E(J+5) = P(J+ 24)/E (2)

E(9) = E (6) *E (3) + E (7) *E (4) + E (8) *E (5)
E (10) = E (6) *P (47) + E (7) *P (48) + E (8) *P (49)
DO ¢ J = 9, 10

E (J+2) DSQRT (leDO0 - E (J) #%2)

E (13) = E (7) *P (49) - E (8) *P (48)

E (14) = E (8) *P (47) - E (6) *P (49)

E (15) = E (6) *P (48) - E (7) *P (47)

E (16) = E (7) *E (5) - E (8) *E (4)

E (17) = E (8) *E (3) - E (6) *E (5)

E (18) = E (6) *E (4) - E (7) *E (3)

E (19) = DSQRT (E (13) *%2 + E (14) **2 + E (15) *%*2)
E (20) = DSQRT (E (16) #k2 + E (17) **2 + E (18) *%*2)

This block implements the equations of the measurement partials




d)

k)

j)

g)

f)

DO d J =1, 3
E(J+20) = E(J+ 12)/E (19)

E (J + 23) =E(J+ 15)/E (20)
E (27) = E (24) *E (21) + E (25) *E (22) + E (26) *E (23)
E (28) = (E (25) *E (23) = E (26) *E (22)) *E (6)
+ (E (26) *E (21) - E (24) *E (23)) *E (7)
+ (E (24) *E (22) - E (25) *E (21)) *E (8)
E (29) = E (1) *E (11)
E (30) P (50)/ E (1)
E (31) DSQRT (1. D0 -~ E (30) *%2)
DO e J =1, 3
Ml (1, J+3) = P(51)*(E (9) *E (J+ 2) - E (J + 5))/E (29)
Ml (2, T+ 3) = -P (52) *E (J + 23)/ E (29)
M2 (1, 4) = P (51)
M2 (2, 5) = P (52)
P (75) 1. DO/ (E (11) *%2)
P (76) = 1,D0/(E (12) %%2)
W (2, 2) = P (73) *P (75) + P (74) *P (76)
IF E (30) <.0004363 DO GO TO j
E (32) = E (1) *E (31)
E (33) -2.D0 *P (50)/ (E (1) *E (32))
DO kJ =1,3

n

M1 (3, T+ 3) = P (53) *E (33) *E (J + 2)
M2 (3, 6) = P (53)
M2 (3, 8) = 2.DO0 *P (53)/ E (32)

IF P (54) = 0.D0 GO TO f

E (34) = DSQRT (P (19) *%2 + P (20) *%2 + P (21) %%2)
DO g J =1, 3

E(J+34) = P(J+ 18)/E (34)

E (38) = E (35) *P (31) + E (36) *P (32) + E (37) *P (33)

DO hJ =13
M1 (4, J) = P (54) * (P (J + 30) - E (38) *E (J + 34))/E (34)

-433-




h)

M1 (4, J+6) = P (54) *E (J + 34)

M2 (4,
E (39)
E (40)

7) = P (54)
57.3 DO *DATAN 2 (E (11), E (9))
57.3 DO *DATAN 2 (E (28), E (27))

IFE (40) > 0.D0 GO TO i

E (40)

E (41)
P (77)
E (42)

360, DO + E (40)

57.:3 DO *DATAN 2 (E (12), E (10))
2. D0 *DATAN 2 (E (30), E (31))
57.3 DO *P (77)

IF PF (2) = 0 RETURN
Print E (39), E (40), E (41), E (42).

Note the nonstandard SVEAD printout:

E (39) = y, cone angle (deg)

E (40)
E (41)
E (42)

= @, clock angle (deg)
¢, Sun-Canopus angle (deg)

a, subtense angle (deg)

22. BLOCK 405 PROGRAMMING INSTRUCTIONS

These programming instructions are to implement the equations

discussed in Section 11.
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E (10)
E (11)

E (12)

DO a

E((I) =

E (I+
E (7)
E (8)
E (9)

DSQRT (P (22) #%2 + P (23) *%2 + (P 24) *%2)
(P (22) *P (34) + P (23) *P (35)

+ P (24) *P (36))/ E (10)

DSQRT (P (34) *%2 + P (35) *%2

+ P (36) **2 - E (11) *%2)

I =1,3

P (I+ 21)/E (10)

3) = (P(I+33)-E(11) *E (I))/ E (12)

(E (2) *P (36) - E (3) *P (35))/ E (12)
(E (3) *P (34) - E (1) *P (36))/E (12)
(E (1) *P (35) - E (2) *P (34))/ E (12)

DO b J =1, 3
DO b K =1, 3
N = J+3%K -3




-435-

DO b1I-=1,103
L =1-1+K
M=7J-1+1
T3 (L, M) = E (N)

b)
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