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I .  

ThFs r e p o r t  covers t he  work perforned during t h e  per iod 

30 June 1967 throilgli 30 Scptenber  1967 under con t r ac t  NAS8-21080, 

I 1  An Ana ly t i ca l  Study of Storage of Liquid 'rydrogen P- rope l lmt  f o r  

Nuclear I n t e r p l a n e t a r y  Spacecraft ."  

ducted by t h e  Fort: Worth Division of  Ger,eral Dynamics Corporation 

f o r  t h e  Propuls lon 2nd Vehicle Er:gineer-ing Labora tor ies  of t h e  

NASA George C .  Xa r sha l l  Space F l i g h t  Center. The program i s  

under t h e  techrzlcal d i r e c t i o n  o f  Messrs. Itobert >liddl.eton znd 

David Price of NASA/MSFC. 

.- 

The progran i s  being con- 

Tne b a s i c  o b j e c t i v e  i s  t o  assess t h e  problem of extended 

E a r t h  o r b i t a l  s t o r a g e  of l i q u i d  hydrogen p rope l l an t  f o r  a 

conjunct ion-c lass  manned E$ars vehic le .  

inc lude  the  i n s u l a t i o n  thermal condcc t iv i ty-dens i ty  g r d u c t ,  

Mars o r b i t  a l t i t u d e ,  and t h e  t y p e  of thermal marxigement system - 
vented, nonven'ied, p a r t i a l  recondensation, o r  combtnation s y s t e r s .  

During t h e  f i r s t  q u a r t e r  t h e  study ground r u l e s  were e s t ab l i shed  

and t h e  p repa ra to ry  work f o r  t he  pre l iminary  parametr ic  a n a l y s i s  

was l a r g e l y  completed. This  comprised mission a n a l y s i s ,  s t ruc -  

tural analysi-s,  d e f i n i t i o n  of t h e  nominal o r  b a s e l i n e  veh ic l e ,  

thermal a n a l y s i s ,  and prepara t ion  of conputer programs t o  accom- 

p l i s h  the paramet r ic  a n a l y s i s .  

Other s tudy paraxeters 

* 
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1 . 0 STUDY GROU3DRULES 

This  study i s  based upon t h e  groundrules emmerated 
0 

!- * 

below: 

1. Conjunction-class manned Mars veh ic l e  w i l l  be based on 

t h e  Lockheed Modular Nuclear Vehicle  Study (Phase 11). 

2, Mission w i l l  be  similar t o  t h a t  s tud ied  under c o n t r a c t  

NAS8-11161 wi th  t h e  exception t h a t  t h e  Ea r th  o r b i t  I 
a l t i t u d e  w i l l  b e  485 k m  i n s t e a d  of 185 km. 

3. Propel lan t  i n i t i a l  thermodynanlc s t a t e  w i l l  b e  t r i p l e  

po in t  l i q u i d .  

Required MPSP i s  5.0 p s i  which inc ludes  p re s su re  r i s e  4. 

- 0  due t o  nuclear  heat ing.  

5, Ranges of var iab les :  

a. Ea r th  o r b i t  s torage t i m e :  90, 180, 270 days 

b. Mars o r b i t  a l t i t u d e :  17090 km (synchronous), two 

o the r  values determined during mission analyses .  

c .  I n s u l a t i o n  kf product: 5 ~ 1 0 - ~ ,  7 . 5 ~ 1 0 ' ~ ,  1 . 5 ~ 1 0 ' ~  
* 

BTU l b  

h r f t 4  OR 

6 .  Tanking opera t ion  takes  p l ace  j u s t  p r i o r  t o  e a r t h  

depa r t a re  and requi res  zero t i m e .  

Material a l lowables  v i11  b e  evaluated a t  530%. 7. 
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9, So la r  s h i e l d  d a t a  will be  based on t h e  r e s u l t s  of 

c o n t r a c t  NAS8-11317 and cu r ren t  c o n t r a c t  Pl~iS8-21132. 

10. The Eriglish system of units w i l l  be  t h e  prime u n i t  

system wi th  metric equiva len ts  i n  parentheses  in t h e  

fin21 r e p o r t  , 

I -  

t -  
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2.0 MISSION ANALYSIS 

The mission analysis conducted to date has resulted in the 

mission definition given below, and the mass variation with alti- 

tude of the Mars Excursion Module (MEM). 

Mission definition 

The mission is a conjunction-class manned Mars stopover 

mission with a total duration of 1020-1200 days, depending upon 

the Earth orbital staytime (see study groundrules). 

presentation of the mission is presented in Figure 1 and the 

variation of solar distance is presented in Figure 2. 

mission data is tabulated in Table 1. Mars orbit altitudes of 

216 and 3238 nm were selected for study in addition to the 9203 

nm synchronous altitude. The smaller value is the lowest altitude 

considered feasible for a 510-day duration based on estimated 

orbital decay rates (upper density model atmosphere, Reference 3 ) .  

The 3238 nm value results from estimates of the variation with alti- 

tude of the total 

Stages and the mass of the Mars Excursion Module. 

a near minimum 

desirable for more complete planet coverage. 

A graphical 

Additional 

I 

A V  for the Mars Braking and Mars Escape 

This value yields - 
A V  and allows a high-inclination orbit which is 

The orientation of the orbit with respect to the terminator 

fo r  the three selected capture orbits at Mars was determined by 

selecting the inclination and computing the nodal precession rate. 

4 
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Te51e 1. Conjunction-Class Xanned Mars Stopover 
M L s  s ion  S imnary 

Depart E2rth:  1,O Ik rch  1964 
Arrive ;tars: 27.0 September 1984 
Depart  I4ers: 19.0 February 1986 
Return Earth:  17.0 September 1386 

Outbound F l i g h t  T i m e :  210.0 Days 
S t a y  T h e :  510.0 Days 
Inbound F 1 i gh  t Ti-me : 210.0 Days 

Planetoc ent r IC (Earth) D e p a r t u r e  Phase 

Parking o r b i t  A l t i t ude :  262 I<.pii* = 465 12:i ( c i r c u l a r )  
Hyperbolic Zxcess Speed: .1270 E14OS = 12,410 f t / s e c  
Declimation of Departure Asymptote: 
RBght Ascension of Departure Asymptote: 182.43 deg 
Parking Orb i t  Inc l ina t ion :  36.0 deg 

-35.71 deg 

H e l i o c e n t r i c  3 a s e  (outbound leg)  

Hel ioc.entr ic  Transfer  -iiigle: 142.89 deg 
I n c l i n a t i o n  of Transfer  Orbi t :  3.53 deg 
E c c e n t r i c i t y  of Transfer  O r b i t :  . 1835 
Pe r ihe l ron  Di.stance: .9621 AU (no p a r l h e l t o n  

Aphelion Distance : 1.3946 XU 
t r a n s  i t )  

P l ane tocen t r i c  (:iIa.rs) A r r i v a l  Phase 

Parking Grbi t  A l t i t ude :  Selected$; 
Hyperbolic Excess Speed: 
Dec l ina t i cn  of Arrival Asymptote: 
Right  Ascension of . i r r i va l  Asymptote: 
Parking Orb i t  Inc l ina t ion :  (a t  least)  9.62 deg* 

-1272 EMOS = 12,430 f t / s e c  
4.51 deg 

316.53 deg 

* The s e l e c t e d  c i r c u l a r  o r b i t  a l t i t u d e s  and i n c l i n a t i o n s  are: 

A l t i t u d e  I n c l i n a t i o n  

9203 N . M i .  = 17,053 I34 10.7 deg 
3238 K.Mi. = 6,000 IQ4 63.0 deg 

216 N.i. l i .  = 400 KM 75.2 deg 

1 7 



Table 1. (Con't) 

0 

-0 

Plane tocen t r i c  (;IarS) Departure Fliase 

Parking Orb i t  A l t i t ude :  S e l e c t e d  
Hyperbolic Excess Speed: -0813 EM@S = 79 5. f t / s e c  
Decl ina t ion  of Departure Asymptote: 
Right Ascension of  Departure Asywptote: 212.72 deg 
Parking Orb i t  I n c l i n a t i o n :  

9.62 deg 

( a t  l e a s t )  9.62 deg+ 

He l iocen t r i c  Phase (Inbound Leg) 

He l iocen t r i c  Transfer  Angle: 141.77 deg 
I n c l i n a t i o n  of Transfer  Orbi t :  
E c c e n t r i c i t y  of Transfer  Orbi t :  .2396 deg 
Pe r ihe l ion  Distance: 
Aphelion Distazce:  

0894 deg 

,9943 AU (no p e r i h e l i o n  t r a n s i t )  
1.618 AU (No aphel ion  t r a n s i t )  

P l ane tocen t r i c  (Earth)  Return Phase 

D i r ec t C. e en t r y 
Unbraked Entry Speed: 11.6801 km/sec = 38,321 f t / s e c  
Hyperbolic Excess Speed: ,12350 ZMOS = 12,068 f t / s e c  
Decl ina t ion  of A r r i v a l  Asjmptote: 
Right Ascension of Arrival- Asymptote: 

14.05 deg 
110.25 deg 

* The s e l e c t e d  c i r c u l a r - o r b i t  a l t i t u d e s  and i n c l i n a t i o n s  are: 

A l t i  tudc  I n c l i n a t i o n  

9203 N.Mi. = 17,053 KPI 

216 N.Mi .  = 400 KM 
3238 N.T,IL. = 6,000 KM 

10.7 deg 
63.0 deg 
75.2 deg 
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The i n c l i n a t i o n s  were se l ec t ed  so  t h a t  t h e  o r b i t s  were coplanar  

w i th  both  t h e  arrival and depar ture  hyperbol ic  t r a j e c t o r i e s  a t  

Mars. Only posigrade o r b i t s  were considered. The nodal pre-  

ce s s ion  rate t7as determined from t h e  fol.lowing equation: 

where 

/ip = nodal precession rate 

J2 = c o e f f i c i e n t  of  t he  second harmonic of  t h e  p l a n e t ' s  

g r a v i t a t i o n a l  p o t e n t i a l  

/I' = o r b i t  per iod 

R = o r b i t  r ad ius  

Ro = p l a n e t  r ad ius  

6 p  = o r b i t  po le  dec l ina t ion .  

Although t h i s  i s  only a f i r s t - o r d e r  approximation of  np,  i t  i s  

f e l t  t h a t  t h e  expression is  s u f f i c i e n t l y  accu ra t e  f o r  purposes 

of t h i s  study. 
- 

The o r b i t  o r i e n t a t i o n  a n a l y s i s  f o r  t h e  3238 n m  o r b i t  i s  

presented  i n  Figure 3. The arr ival  and depa r tu re  po le  c i r c l e s  

a s  w e l l  as t h e  precessed capture  o r b i t  po le  c i rc le  are shown. No 

p l a n e  change i s  required a t  depar ture  a t  t h e  p o i n t s  where t h e  

precessed cap tu re  o r b i t  po le  c i r c l e  i n t e r s e c t  t h e  depar ture  p o l e  

c i rc le .  The number of  poss ib l e  poles  i s  s ix .  Pole  numbers 4,  

9 





5, and 6 were el iminated because t h e  o r b i t s  f o r  t hese  po le s  

would be re t rograde .  Pole nuxher 1 w a s  s e l e c t e d  because t h e  

corresponding cap tu re  o r b i t  offers t h e  most favorable  o r i e n t a -  

0 

t i o n  f o r  p l a n e t  reconnaissance,  i .e.,  maximum i n c l i n a t i o n .  A 

t i m e  h i s t o r y  of the i n c l i n a t i o n  of t h e  parking o r b i t  t o  t h e  

te rmina tor  f o r  a s t a y  t i m e  of 510 days i s  presented i n  Figure  

4. 

9203 n m  (synchronous) o r b i t .  

S imi l a r  d a t a  were generated for t h e  216 n m  o r b i t  and t h e  

The r e l a t i v e l y  high precession rate f o r  t h e  216-nm cap tu re  

o r b i t  al lows t h e  s e l e c t i o n  of many i n c l i n a t i o n s .  Although t h e  

maximum p o s s i b l e  i n c l i n a t i o n  i s  near ly  p o l a r ,  an o r b l t  in- 

c l i n a t i o n  of  75.2 degrees was se l ec t ed .  

provides  p o d  su r face  coverage and allows t h e  s e l e c t i o n  of a 

This  o r b i t  i n c l i n a t i c n  

0 
l anding  s i t e  over a wide range of  l a t i t u d e s .  

i n c l i n a t i o n  i s  no t  unique, but i t  i s  felt t h a t  t h i s  i n c l i n a t i o n  

This  choice of 

i s  a reasonable  choice f o r  a low-a l t i tude  :iIars o r b i t .  

- FEN ?lass iLnalysis 

T ra j ec to ry /veh ic l e  a n a l y s i s  of t h e  ;Tars Excursion ;vlodule 

(HEM) w a s  aimed a t  providing t h e  v a r i a t i o n  of t h e  1EI4 mass with  

c i r c u l a r  o r b i t  a l t i t u d e .  The main e f f o r t  w a s  devoted t o  determ- 

i n i n g  t h e  nass  v a r i a t i o n  w i t h  a c o n s i s t e n t  set of  assumptions, 

and no attenpt was made t o  optimize nass, the propuls ion system, 

o r  t h e  energy requi rexents ,  The a n a l y s i s  vas based on t h e  PIEM 0 

11 





def ined  i n  Reference 1 wi th  t h e  most important dev ia t ion  

being t h e  choice  of p rope l l an t .  

assumed r a t h e r  than  cryogenic p r o p e l l a n t s  because of  t h e  

long s tay t ime on t h e  p l m e t .  

t h e  a scen t  and descent  veh ic l e  propulsi.on s y s t e m  was assumed 

t o  b e  360 sec-lbf/lb,. Figure 5 shows t h e  v a r i a t i o n s  of  14EM 

mass wi th  i4ars o r b i t  a l t i t u d e .  

S t o r a 5 l e  p r o p e l l a n t s  were 

The s p e c i f i c  irnpulse of  both 

A two-stage a scen t  veh ic l e  was defined wi th  d i r e c t  a scen t  

t o  185 Ian followed by a Hohmann t r a n s f e r  t o  t h e  s e l e c t e d  park- 

i ng  o r b i t .  

f t /sec.  

f a c t o r  of  1.05 t o  account f9r losses, p lane  change requi renents ,  

and t e rmina l  rendezvous requirements. 

lb, and a p r o p e l l a n t  mass f r a c t i o n  of 0.90 was a s s w e d .  

ThedV t o  ascend t o  185 km was assumed t o  b e  15,000 

ThedV f o r  t h e  Kohmann t r a n s f e r  was m u l t i p l i e d  by i! 

A payload o f  11,310 

The sequence of events fo r  t h e  descent  veh ic l e  c o n s i s t s  o f  

a t r a n s f e r  from t h e  park ing  o r b i t  t o  t h e  e n t r y  a l t i t u d e  (100 km), 

l i f t i n g  e n t r y ,  p ropuls ive  braking,  hover, t r a n s l a t i o n ,  and 

landing. 

Reference 2 i n d i c a t e s  t h a t  i t  may n o t  b e  feasible. 

- 
Parachute brak ing  was no t  considered s i n c e  t h e  da t a  of 

The de-orb i t  

AV was assumed t o  be  t a n g e n t i a l  ( l S O o  degrees t o  t h e  v e l o c i t y  

vector). 

boundary dn ich  w a s  def ined as t h e  m h i m u m  ang le  where t h e  a l t i t u d e  

is always decreasing f o r  b z l l i s t i c  e n t r y  i n t o  t h e  lower dens i ty  

The e n t r y  angles were s e l e c t e d  t o  be  nea r  a sk ipout  

1 3  
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model atmosphere of Reference 3. A f ixed  AV allowance f o r  

propuls ive  braking,  t r a n s l a t i o n ,  and hovering was assumed 

because i t  i s  f e l t  t h a t  t h e  p r i m a r y  e f f e c t  of o r b i t  a l t i t u d e  

on AV requirements should be r e f l e c t e d  i n  t h e  a scen t  Hohrnann 

t r a n s f e r d v  ant: t h e  descent  de-orb i t  AV. 

t r a n s l a t i o n ,  and hovering requirements are  p r i n a r i l y  dependent 

upon e n t r y  and f i n a l  touchdown techniques,  e.g., L/D modulation, 

s p e c i f i e d  d i s t a n c e  ( t r a n s l a t i o n ) ,  and t i m e  (hover) ,  r a t h e r  than 

on o r b i t  a l t i t u d e .  The required propuls ive  braking A V  w a s  

assuined t o  b e  1640 ft /sec (based on d a t a  i n  Reference 2) and 

t h e  AV allowance f o r  hover and t r a n s l a t i o n  was assumed t o  3e 

1300 f t / s e c  (Reference 1). A p r o p e l l a n t  mass f r a c t i o n  of 0.85 

w a s  used. 

Propuls lve braking,  

The payload of t he  descent veh ic l e  ccrnsists of t h e  s u r f a c e  

payload and t h e  ascent  vehicle .  The mass of  t h e  su r fece  payload  

w a s  assumed t o  be  62,660 lb,. 

equal  t o  one percent  of t h e  landed mass and a hea t  s h i e l d  mass 

equal  t o  3.5% of  t h e  gross  NEM mass were included. 

h e a t  s h i e l d  w a s  assumed t o  be a b l a t e d  and/or j e t t i s o n e d  p r i o r  

t o  propuls ive  braking. 

In add i t ion ,  a landing gear  mass 

P a r t  of t h e  

15 



3 . 0 STilUCTUTUL ANALYSIS 

Structural analysis was directed toward determination of 

the tank pressure mass relationship and the meteoroid protection 

criteria. Following the Lockheed lffodular Nuclear Vehicle Study, 

the basic structural concept is the load-carrying shell module 

in which the shell is jettisoned just prior to Earth departure. 

Tank Mass 

For the aluninuii propellant tank with ellipsoidal heads, 

the pressure mass relationship is given by the following 

equation: 

where 

SF = safety factor (1.4) 

CF = contingency factor 

pt = tank material density 

a =  

b =  

e =  

r =  
P =  

. f H  = 

n =  

L =  

s emi-ma j or axis 

semi-minor axis 

eccentricity 

tensile stress 

ullage pressure 

propellant density 

acceleration, g ' s  

cylindrical section 1 eng th 
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The contingency factor accounts for mass that is proportional 

to tank pressure mass including the thrust structure, forward 

thrust cone, tank support cone, weld material and baffles. In- 

0 

dividual analyses of the mass variations of these items is well 

beyond the scope of this study and thus necessitates the use of 

a contingency factor. Based on the Modular Nuclear Vehicle study, 

a contingency factor of 1.75 was selected for the parametric 

analysis. 

Meteoroid Protection 

Meteoroid protection criteria were founded upon the utilization 

of a jettisonable meteoroid bumper (Mars Braking and Mars Depar- 

ture Stages only) with the tank wall. The ascent shell furnishes 

the addittonal protection required in Earth orbit. The Earth De- -. 
parture Stage modules are protected by the ascent shroud and tank 

wall alone. The three-sheet, foam-filled meteoroid bumper is 

sized according to the requirements for the interplanetary portion 

of the mission and is jettisoned one hour prior to engine ignition 

on that particular stage. Similarly, the ascent shrouds are 
- 

jettisoned from all modules one hour prior to Earth departure. 

For each tank then, the tank wall serves as the meteoroid pro- 

tection for a one-hour period. 

sis was a 0.995 probability of no penetrations. 

The basic guideline for the analy- 

17 
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The meteoroid f l z x e s ,  both cornetary and a s t c r o i d a i ,  were 

Tnese f luxes  were considered cons tan t  
i 
._ 

based 011 Reference 3 .  

and evaluated f o r  t h e - a v e r a g e d  values  of  s o l a r  d i s tance .  The 

f l u x  equatj-ons a re :  

l o g  M = -1.34 lo& III - 14.33 

l o g  N = - l o g  ~II - 13.45 (Astero ida l )  

(Cometary) 

where 1.7 = (number of  meteroids of mass m o r  grea te r ) /m 2 - sec  

1 ~ 1 =  meteoroid mass, gm 

Figure  6 p re sen t s  t h e  s i n g l e  ~ l l  th ickness  requirements f o r  an 

aluminum wall. The curve labe led  "Earth-shielded' '  incorpora tes  

t h e  s h i e l d &  e f f e c t  of t h e  E a r t h  which i s  a p p l i c a b l e  t o  ?arth 

Departure  Stage aodules  . The curve l a b e l l e d  "unshielded!' does 

n o t  i nc lude  t h e  E a r t h ' s  sh i e ld ing  e f f e c t  and i s  a p p l i c a b l e  t o  

t h e  Mars Braking and Xars Depsrture Stages . 
r o j d  bumper, t h e  s i n g l e  wall t h i - c h e s s  requirement i s  obtained 

from Ff-gurc 6 and appropr i a t e  e f f e c t i v e n e s s  f a c t o r s  from Reference 

4 are applied t o  determine the  shee t  th ickness  of t h e  three-shee t ,  

To s i z e  t he  meteo- 

- 
foam-fi l led bumper. 

18 
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4.0 BASEJJiK VEYICLE 

The approach used i n  t h i s  study t o  eva lua te  t h e  var ious 

thermal management systems i s  r e l a t e d  t o  t h e  I n i t i a l  ?(ass I n  

Ea r th  Orbi t  (LNIEG)  . Determination of IMIEO i s  accomplished 

by r e fe rence  t o  a nominal o r  base l tne  veh ic l e  rvhose t o t a l  m a  s ,  

s t a g e  masses, p rope l l an t  requirements, e t c . ,  are computed wi th  

nominal values  f o r  t h e  propel lan t  s to rage  system masses. This  

computation i s  done wi th  t h e  Rocket Vehicle  Mass Buildup and 

S e n s i t i v i t y  Program, For t  b’orth Div is ion  Computer Procedure V i 8  . 
A d i s c - s s i o n  of  t h e  basLc assurnptions 2nd a sun-mary of t h e  

b a s e l i n e  veh ic l e  d a t a  i s  presented below. 

- Basic Assunptions 

i 
I 

Primary energy requirenents  f o r  t h e  b a s e l i n e  veh ic l e  were 

based upon the maximum hyperbolic excess v e l o c i t i e s  f o r  a 20-day 

launch oppor tuni ty  a t  Ea r th  and a 30-day depa r tu re  o p p r t u n i t y  

a t  Xars. These values  are 0.14, 0.15, and 0.09 EEIOS a t  Ea r th  

depar ture ,  ’i4ars braking, and Nars depar ture ,  r e spec t ive ly .  The 

v e l o c i t y  changes f o r  t h e  primary propuls ion phases were computed 

using t h e s e  hyperbol ic  excess v e l o c i t i e s  w i th  allowances f o r  

g r a v i t y  losses, small plane changes, and performance reserves. 

Payload masses f o r  t h e  base l ine  veh ic l e  were assumed as fol lows:  

- 

Mission module - 100,000 lb, 

Ea r th  e n t r y  module - 15,000 lbm 
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Solar flare shield - 16,000 lb, 
Mars scientific payload - 1500 lb m 

The Mars Excursion Module is an additional payload (see Figure 

5) 

Requirements for the mid-course correction system were based 

on Lockheed data. The mass fraction (mid-course system mass 

divided by vehicle mass) for both the outbound leg and the 

inbound leg was based on a 4 V  of 500 ft/sec, an I of 305 

lbf-sec/lb,, and a propellant mass fraction of 0.80. 
SP 
Attitude- 

control'system mass was set at one percent of the controlled- 

vehicle mass for both the outbound and inbound legs and at 0.2% i 
durhg the stay period in Mars orbit. Engine mass and perfor- 

mance data are based on the Nerva engine with a mass of 35,000 -0 
lbm and a specific impulse of 850 lbf-sec/lb,. Interstage masses 

were estimated from Lockheed data on the Modular Nuclear Vehicle. 

Baseline Vehicle Data 

Three baseline vehicles were defined corresponding to the 

three Mars orbit altitudes. The propellant loadings and mass data 
- 

for -each of the baseline vehicles are presented in Table 2. 

the data of Table 2 and the payload capability of the Uprated 

From 

Saturn V (approximately 330,000 lb, in a 262 nm orbit), a vehicle 

configuration has been defined comprising a four-module Earth 
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0 Departure Stage,  a two-module ;iZars Braking Stage, and a 

single-nodule lfars Departure Stage. The E a r t h  Departure 

Stage i s  made up of three propulsion modules arranged in 

an in-line conf igura t ion  with a single p r o p e l l a n t  module 

stacked above the central propulsion module. 

Braking Stage i s  made up of a propel lan t  modu1.e and. a propul-  

sion module stacked above the EDS p r o p e l k n t  module. 

The Mars 

. 
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5 . 0 THERTtAL ANALYS IS 

The primary e f f o r t  i n  t he  thermal a n a l y s i s  has  been t o  

de f ine  t h e  tank thermal model, eva lua te  t h e  thermal environ- 

ment f o r  t h e  var ious mission phases, and e s t a b l i s h  the  vent 

p re s su re  f o r  t h e  vented thermal management systems. 

T h e  r m a  1 Xo d e 1 

For t h e  prel iminary parametric a n a l y s i s ,  t h e  tank thermal 

model i s  based on untform i n s u l a t i o n  h e a t  t r a n s f e r  around t h e  

tank and a cons tan t  thermal conductance a s soc ia t ed  with pene- 

of t h e  i n s u l a t i o n .  T h e  o u t e r  s u r f a c e  of  t h e  i n s u l a t i o n  tratioSi 
i s  a s s , h e d  t o  b e  a t  a uniform temperature equal  t o  t h e  a d i a b a t i c  

s u r f a c e  temperature. I n s u l a t i o n  tiierinal condu~ct iv i ty  i s  one of 

t h e  b a s i c  s tudy parameters and its value i s  determined from t h e  kp 

values es t ab l i shed  i n  t h e  groundrules. The pene t r a t ions  considered 

are tank  support  cone, a f t  s k i r t ,  engine support ,  engine feed 

l i n e ,  f i l l  and d r a i n  l i n e ,  vent l ine ,  and p res su ran t  l i n e .  

Thermal conductances were ca l cu la t ed  for t h e  tank support  cone - 
and t h e  a f t  sk i r t  y i e ld ing  values o f  0.805 and 0.197 BTU 

hrOR 
r e spec t ive ly .  Conductance fo r  t h e  remainder of t h e  pene t r a t ions  

were taken from Lockheed da ta  s i n c e  d e t a i l e d  information w a s  n o t  

a v a i l a b l e .  The combined thermal conductance f o r  t h e s e  pene- 

BTU 
hr% t r a t i o n s  i s  0.762 

24 



0 

-0 

0 

Thermal Environment 

Evaluation of the tank thermal environnent was accomplished 

in terms of the adiabatic surface temperature assumed by a 

cylindrical surface. These tenperatures were based on a surface 

with a solar absorptance o f  0.05 and an emittance of 0.80. The 

selected radiative properties correspond to the Lockheed Optical 

Solar Reflector surface coating. For Earth orbit, the vehicle 

orientztion wzs parallel to the velocity vector in a terninator 

orbit. Tits is the most severe orientation from a thermal stand- 

point. However, orientation of the longitudinal axis toward the 

sun vohd not change the results appreciably because of the Icw 

o r b i t  altitude. 

i 

I 

For the tlars transfer mission phase, an average adiabatic 

surface temperature was computed usi~lg the solar distance data 

of Figure 2. 

assmecl. For cases where a solar shield is deployed during >lars 

transfer, the energy incident upon the vehicle is considered 

negligible except for pefiods of guidance correction when a 

broadside orievtation is assumed for the total duration of the 

guidance corrections. 

A broadside orientation with respct to the sun vas 

Temperatures in Nars orbit were deternined by evaluating 

the average inclination to the terminator over the time in orbit 

(See Figure 4 ) .  Using this average inclination, adiabatic surface 

temperatures were computed for both a velocity vector orientation and 
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orientation of the longitudinal axis toward the sun. The 

second case corresponds to the situation wherein a solar 

shield is deployed fron the end of  the vehicle. This orien- 

tation will be referred to as "solar orientati.on." 

The adiabatic surface tenpezatures are surmarized in 

Table 3. 

Table 3 . ADIb-SATIC SUJFACE TZPPEPATmES 

Earth Orbit 37OoR 

Nars Transfer 24-2OR 

Velocity Vector Solar 
0 L' i ent at ion Orienta t izn  

i 
i I?l~rs Orb?-t 

216 n m  
3238 nm 
9203 n m  

Vent Pres sur e 

To establish the vent pressure for vented and partial recon- 

densation systems, a limited study of the Mars Escape Stage was - 
undertaken with an insulation thermal conductivity of 1.67 x 10' 4 

BTU . Two cases were examined. First, the tank design pressure 
hrftoR 
was set at 5,psi above the vent pressure which was the independent 

variable. 

psia. 

In the second case, the tank design pressure was 28 

From the results shown in Figure 7, a vent pressure of 14.7 

psia was selected. From a design standpoint, this value seems 

reasonable since it is doubtful that a tank would be designed for 

a pressure much less than 14.7 psia. 
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6.0 COMPUTER PROGMMS 

Computer programs for each of the thermal management sys- 

The nonvented sys- tems are in various stages of preparation. 

tems program is operational and runs for the preliminary analysis 

have begun. The vented systems analysis and the vented system with 

tanking analysis is in checkout while the combination system 

analysis is being coded. 

7.0 FUTURE WORK 

Work during the next quarter will be directed toward com- 

pletind the preliminary parametric analysis and interpretatlon 

of the’data generated. 

analysis will also begin. 

Preparation for the final parametric 
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