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1 .O INTRODUCTION 

T h i s  document summarizes the work performed under the George C. Marshall Space 
Flight Center contract  NAS 8-22602, en t i t l ed  "Voyager Spacecraft System, Phase B, 
Task D." The work was performed over the period June 16 through October 16, 1967. 

The contracted work consisted of engineering studies leading t o  def in i t ion  of a 
Voyager spacecraft system capable of performing the  19'73 Wars mission. 
f l e x i b i l i t y  of design, additional analyses were conducted t o  determine the 
adaptabili ty of the 1973 spacecraft to per fom the 1975-1977-1979 Mars missions. 
The 1973 f l i g h t  spacecraft  definit ion w a s  used t o  ident i fy  the  operational support 
equipment, including mission-dependent equipnent requirements and the software 
necessary t o  sa t i s f ac to r i ly  conduct the 1973 mission operations. 
s iderat ions fmm point of manufacture through launch operations were ident i f ied  

To ensure 
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0 

0 

0 

0 

0 

The 

the 1973 system. Highlights of the results of the work include: 

The spacecraft system concept requires only minor changes due t o  updating 
from 1971 t o  1973 requirements. 

A single design f o r  spacecraft structure and propulsion accomplishes a l l  
missions i n  the 1970's. 

Modularization of major elements, such as propulsion, f a c i l i t a t e s  t e s t ing  and 
maintenance requirements. 

A wide var ie ty  of 1973 o r b i t s  are achievable t o  f u l f i l l  planned sc i en t i f i c  
objectives. 

Growth capabili ty ex i s t s  i n  the 1973 design t o  accommodate future  mission 
re qui rement s . 

contract a lso  required the campletion of f ive  selected engineering tasks  t h a t  - 
w e r e  designed t o  highlight key areas and lead t o  specif ic  conclusions and 
re commendations. 

This docment presents a summary of the  results of the study as w e l l  as the 
s ign i f icant  conclusions and recanmendations. 
i n  the following reports: 

The detailed results may be found 

Mission/System Requirements and Analyses Volume I1 
E-115002-2 

Spacecraft Functional Description 

Selected Engineering Tasks 

Volume I11 
~2-115002- 3 

Volume I V  
D2-115002- 4 

This document summarizes, fo r  each of the  three volunes above, the objectives, the 
results, and s ignif icant  conclusions and/or recommendations. 

1 
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2.0 MISSION/SYSTEM REQUIREMENTS AND ANALYSES 

2.1 BACKGROUND AND OBJECTnrE 

The Voyager Mars program has been an approved NASA program since 1964. 
mission opportunity has been evaluated f o r  a 1971 Mars mission considering both the 
Saturn lB/Centaur and the Saturn V launch vehicle. 
t o  defer the f i rs t  Voyager Mars mission t o  1973 was disappointing from the 
s c i e n t i f i c  viewpoint of obtaining detai led data surrounding the nature and 
h is tory  of t h i s  in te res t ing  planet. Tne ensuing time period has, on the other  
hand, allowed f o r  incorporation of technology advancements t h a t  w i l l  make the 
mission even more s c i e n t i f i c a l l y  productive. The purpose of t h i s  task  was t o  
update the 1971 concept t o  a 1973 system u t i l i z i n g  applicable technology 
advances . 

The first 

The decision i n  la te  1965 

The development of a new system concept requires an  i t e r a t i v e  process s t a r t i n g  
w i t h  program objectives and ending i n  system requirements. 
preliminary requirements i s  developed from which a l l  the  studies,  def ini t ions,  
and t radeoffs  can evolve. T h i s  preliminary s e t  of requirements stems from the 
program objectives and is  supported by top-level mission t rade s tudies .  Once 
a system concept i s  ident i f ied,  supporting system-level analyses and tradeoffs 
can be conducted t h a t  w i l l  confirm some of the  preliminary requirements, change 
others,  and add t o  them. 
a c t i v i t i e s  and is i t e r a t i v e  i n  nature s ince d e t a i l  system and subsystem l eve l  
s tudies  may determine t h a t  one o r  more of the mission or system-level requirements 
is  not cost-effect ive t o  achieve. The preliminary s e t  of requirements i s  then 
updated t o  r e f l e c t  t h e  bes t  compromise of program objectives and s ta te-of- the-ar t  
capabi l i ty .  

F i r s t ,  a s e t  of 

The mission/system analysis task  leads a l l  other 

The Voyager Mars 1971 mission objectives were developed t o  a great  depth of 
detai l ,  leading t o  a de f in i t i ve  set  of mission and system requirements. 
t he  f irst  Voyager missions are t o  Mars, it i s  important t o  use all applicable 
da ta  developed t o  date regardless of the timing of the first mission. 
essence of the objectives of the mission and system requirements and analysis task.  
These object ives  are summarized below: 

Since 

This is the 

Develop a preliminary s e t  of mission and system requirements f o r  the 
Voyager Mars 1973 mission. 

Develop the  mission and system requirements f o r  subsequent Mars missions 
(1975-1977-1979) 

Establ ish the t o t a l  1973 m i s s i o n  and system requirements considering the 
adaptab i l i ty  of the  1973 spacecraft system i n  meeting the subsequent 
mission requirements (1975-1977-19'79) 
evolution task were used t o  establish science payload requirements f o r  
a l l  missions. 

The results of t he  science payload 

Conduct mission and system-level analyses and t radeoffs  t o  support t h e  
establishment of requirements for a l l  mission opportunities.  

3 PRECEDING. PAGE BLANK NOT FILMED. 
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The approach t o  meeting the  f i rs t  objective i s  summarized i n  Figure 1. 
f i rs t  s t ep  was t o  examine the establ ished requirements f o r  the 1971 Voyager Mars 
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Requi rements 
Performance and Design l and Design Requirements 
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definition 0 

I Mission and System Analyses 
and Trade Studies I 

Figure 1 : MISSION/SYSTEM REQUIREMENTS AND ANALYSES 
mission t o  determine which of these were common t o  a 1973 mission. Source data 
t o  accomplish t h i s  task included the f i n a l  report  from the Phase lA, Task B 
contract  and the NASA mission specif icat ion released i n  January 1967. This 
review would eliminate the necessity f o r  analyses i n  a l l  areas  where common 
requirements could be ident i f ied.  The s e t  of 1971-1973 common requirements were 
t o  be aupented  w i t h  planning data received from MSFC and by contract  tasks t o  
establish the t o t a l  s e t  of preliminary 1973 performance and design requirements. 

The second objective (1975-1977-1979 requirements) was met i n  a manner similar 
t o  the f i rs t  and is outlined i n  Figure 2. 
spec i f ica t ion  a s  before but augmented by the preliminary set of 1973 requirements 
described above . Supporting miss ion/system analyses and tradeoff s were conducted 
t o  support accomplishing t h i s  objective. 

The source data was the same NASA 

The t h i r d  objective was accomplished by evaluating the  1973 spacecraft  system 
toward meeting the  requirements of subsequent missions. This process is  a l s o  
depicted i n  Figure 2. 
Figure 2--the spacecraft system concept defined t o  meet the  preliminary set of 
1973 requirements may not be f l e x i b l e  or  readi ly  adaptable t o  meet the subsequent 
mission requirements. This necessi ta tes  tradeoffs t h a t  may modify the prelim- 
inary 1973 requirements and/or the  spacecraft system concept t o  optimize the 
program defini t ion.  This is indicated i n  Figure 2 by the block e n t i t l e d  "Modify 
1973 Performance and Design Requirements." 

One other fea ture  becomes evident from an examination of 

4 
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Figure 2: ADAPTABILITY TO THE 1975-1977-1979 MISSIONS 

Once the preliminary set of spacecraft requirements a re  established and the 
spacecraf t  concept selected, it is  possible  to specify requirements f o r  t h e  
operational support equipment (OSE) t o  support the mission. 
m e t  by establ ishing a set  of spacecraft system functional flow diagrams from 
point of f i n a l  assembly, t o  processing a t  Kennedy Space Center, through launch 
and mission operations. 
f o r  OSE, mission-dependent equipnent,and software, and t o  ident i fy  l o g i s t i c s  
considerations. 

This objective was 

The same se t  of flows was used t o  ident i fy  requirements 

The last  objective dealing with mission and system-level analyses and t radeoffs  
supports the establishment of performance and design requirements f o r  a l l  
mission opportunities i n  the 1970's by providing parametric data from which 
optimum points  may be selected.  These analyses, both f o r  the 1973 spacecraft  
system and i t s  adaptab i l i ty  f o r  subsequent missions, a r e  key elements of the  
system engineering process. 

2.2 SUMMARY OF RESULTS 

The mission/system requirements and analysis task  was examined on the  basis of a 
breakdown s t ruc ture  a s  shown i n  Figure 3. The 1971-1973 requirements comparison 
task,  t he  t o t a l  1973 requirements and the requirements f o r  subsequent missions 
were a l l  keyed t o  t h i s  breakdown structure.  

A f t e r  conducting the 1971, 1973 requirements comparison, incorporating the 
MSFC guidel ines  and conducting mission and system analyses, the t o t a l  1973 
performance and design requirements were tabulated, a summary of which is 
shown i n  Figure 4. 
t h e  areas of fl ight capsule weight and mission duration. 

Signif icant  changee from the t h e  1971 requirements were i n  

5 
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Mission Definition and Profile 
Mission Requirements - Operational Life 
Trajectory Parameters - Interplanetary Transfer 

Trajectory Parameters - Operations Planning 
Trajectory Parameters - Mars Orbit 
Target Weight AI locations 
General Design Requirements 
hopu Ision Requi rements 
Capsule Support Requirements 
Data Return Requirements 
General Capsule Requirements 
El ectri ca I Power Requirements 
Reliability AI locations 
Spacecraft Stabi li zation Requirements 
Science Payload Requirements 

Figure 3: BREAKDOWN STRUCTURE 
Performance and Design Requirements 

An example of t h e  data generated for requirements for the subsequent missions is 
shown i n  Figure 5, which shows interplanetary t r a j e c t o r y  parameters f o r  the various 
missions. Type I1 t raJec tor ies  were selected in 1975 and 1977 because Ty-pe I tra- 
j ec to r i e s  fo r  these missions do not result in t he  required payloads in Mars orb i t .  
!€'his type of data i s  used as inputs f o r  t he  mission and system ana lys is  t a sk  dis- 
cussed later and also t o  e s t ab l i sh  boundaries f o r  mission planning. 

Two of the key mission constraints  from Figure 5 a re  Earth-Mars distance and 
Mars-Sun distance.  The Earth-Mars distance versus time f o r  each of the mission 
opportunities is  shown in Figure 6. 
indicat ive of the broad scope of mission operations planning t h a t  must occur. 
The longest communication distance a t  encounter i s  about the same for  a l l  
opportunities,  and a l l  missions w i l l  experience the  maximum Earth-Mars dis tance 
some time during spacecraft o r b i t a l  operations. 
is  the Sun-Mars distance relat ionship shown i n  Figure 7. 

I nomical un i t s  (1 A.U. = 150 million km) is shown versus time for encounter and 
subsequent o r b i t a l  operations. This figure shows t h a t  the 1973 a r r i v a l  period 
occurs p r i o r  t o  Mars aphelion which means t h a t  the  a v a i l a b i l i t y  of so l a r  energy 
f o r  generation of e l e c t r i c  power drops off during the ea r ly  pa r t  of o r b i t a l  
Operations. On the other hand, the 1975, 1977, and 1979 encounters occur after 
Mars aphelion which indicates an increase i n  s o l a r  energy ava i lab le  f o r  ea r ly  
o r b i t a l  operations. 

The va r i a t ion  i n  a r r i v a l  periods is  

The o ther  s ign i f icant  cons t ra in t  
The distance i n  as t ro-  

6 
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The above e f f o r t  resulted i n  a preliminary s e t  of mission/system requirements 
fo r  the  1973-1975-1977-1979 Mars opportunities. 
preliminary un t i l  the supporting analyses and tradeoffs were completed. 

These were considered 

.e 

The ground system analyses and studies,  using funct ional  flow diagrams, 
established the requirements f o r  OSE, MDE, and software. Operational support 
equipnent consists of four categories of equipment: launch complex equipment 
(LCE), system test complex (STC), assembly, handling, and shipping equipment 
(AHSE) , and fueling and servicing equipment @WE) . 
f o r  each of these were established. 
shown i n  Figure 8, 
the spacecraft via the d i g i t a l  data equipment. The STC concept depicted can be 
van-mounted which provides f l e x i b i l i t y  and increased confidence i n  t es t  a c t i v i -  
ties. 
f l i g h t  hardware or t o  support a spare spacecraft ,  
i s  provided i n  that the f l i g h t  hardware is always tested with the same ground 
hardware from the point of manufacture through KSC operations. 

Requirements and concepts 
One of the key items i s  the STC which i s  

The core of the STC is the  computer which interfaces  with 

F lex ib i l i ty  is  provided i n  tha t  the van can be recycled t o  fOllOW-On 
Added assurance i n  tes t  results 

The mission and system analyses and tradeoffs conducted during Task D are 
indicated i n  Figure 9 which relates these s tud ies  t o  the  appropriate pa r t  of 
the mission profile.  The results of these s tud ies  are summarized below. 

10 
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Trajectory Selection Analysis 

The objective of t h i s  study was t o  es tabl ish t h e  Mars mission parameters f o r  
the 1973-1975-1977-1979 Voyager missions. The o r b i t a l  parameters were t o  be 
specified,  including a r r i v a l  date,  o rb i t  l i fe t ime,  o r b i t  t r i m  and inser t ion  A V, 
and the  usua l  parameters of a l t i t u d e ,  period, and inc l ina t ion .  
cases, the s c i e n t i f i c  objectives,  established elsewhere i n  t h i s  study, were the 
governing parameters i n  es tabl ishing the requirements of the selected o rb i t s .  
Having establ ished the desired o rb i t a l  conditions a t  Mars, the interplanetary 
t r a j ec to ry  was defined t o  meet the requirements of the Mars o rb i t .  
planetary t r a j ec to ry  portion of the study included consideration of aim point 
biasing, midcourse corrections, arrival time separation, and launch system capab i l i t y .  

In  a l l  

The in t e r -  

s ign i f i can t  r e s u l t s  of t h i s  study a r e  summarized below: 

The design o r b i t  f o r  the 1973 mission envelope, shown i n  Figure 10, has 
per iaps is  and apoapsis a l t i t udes  of 500 le0 and 18,590 km respectively, a 
period of 12.4 hours, and an incl inat ion of +45 degrees t o  the Martian 
equator ( i n i t i a l  per iaps is  location i n  the northern hemisphere). 

The probabi i ' ty  t h a t  t h i s  o r b i t  w i l l  decay t o  impact before 1984 i s  l e s s  
than 8 x l&. This probabi l i ty  calculat ion takes in to  account the e r ro r s  
i n  the  o r b i t a l  elements a f t e r  orb i t  t r i m  and the  probabi l i ty  tha t  o r b i t  t r i m  
w i l l  fail,  and presumes t h a t  t he  capsule canis te r  i s  carr ied in to  o r b i t  
and je t t i soned  a f t e r  o r b i t  trim. 

The t r a j ec to ry  from Earth-to-Mars can be aimed f o r  d i r e c t  inser t ion  in to  
the design o r b i t  about Mars. The probabi l i ty  t h a t  h i s  interplanetary 
t r a j ec to ry  w i l l  h i t  the planet  i s  less than 2 x lo-' which i s  consistent 
with planetary quarantine allocations.  

The &-degree o r b i t  permits taking science data a t  sllbvehicle points  lying be- 
tween 45 degrees north l a t i t u d e  and 45 degrees south l a t i t ude .  
experiments, an i l luminat ion angle between 0 degrees and 40 degrees i s  desired. 
These angles are a t ta ined  f o r  l a t i t udes  between 29 degrees north and 45 degrees 
south and f o r  altitudes between 500 and 1500 km. This a l t i tude- la t i tude-  
i l luminat ion angle domain i s  traversed during the  first 120 days i n  o rb i t .  
During this time period, t he  ''optimum" i l luminat ion angle, 15  degrees, i s  
a t t a ined  at  a l t i t u d e s  between 500 and 735 km. 

For imaging 

The nodal separat ion between adjacent o r b i t  ground t racks  is  2.5 degrees. 
If photographs covering 100 x 100 km of the planet surface a r e  considered, 
contiguous longi tudinal  coverage a t  the equator can be achieved i n  
approximately 74 days. The overlap a t ta inable  increases with l a t i t u d e  t o  
the  l a t i t u d e  limits of t 4 5  degrees. 

An o r b i t  t r i m  veloci ty  a l loca t ion  of 150 m/sec f o r  the  1973 mission w i l l  satisfy 
all B r c h  and Apr i l  arrival dates within the mission operation envelope. 

A t o t a l  ve loc i ty  a l loca t ion  of 210 m/sec and three midcourse corrections a re  
adequate f o r  correct ing t ra jec tory  dispersions and f o r  providing each vehicle 
with 4-day arrival. date bias capabili ty.  

13 
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Launch Delays 

The objective of t h i s  study was t o  present a set  of mission a l te rna t ives  t h a t  
might be used i n  the event t h a t  the i n i t i a l  launch period could not be met. 
study considered offloading the payload i n  various combinations, including a 
single f l i g h t  spacecraft, t o  es tabl ish a wider launch period. I n  addition, a less 
desirable o r b i t  was t o  be considered if t h i s  could extend the launch period. 
Figure 11 s h m s  t h e  summary &a f r o m  t h i s  study. The left  hand column is a 
reference 1973 mission. 
bottom f o r  various hardware and operations planning options. The nominal o rb i t  
had a perlapsis a l t i t u d e  of 1000 ~III and a period of 13.8 hours. The marginal 
o r b i t  had t h e  same periapsis  a l t i t u d e  but a period of 60 hours. As can be eeen, 
t r i p  t i m e  can be traded f o r  launch period, Rote t h a t  t h e  5000 pound project  
payload contingency is proposed t o  be used when determining a l t e rna te  missions 
due t o  unforeseen launch delays. 
single spacecraft, a t o t a l  extension of 67 days i n  launch period is  possible  
over the  reference condition. 

The 

The launch period increase i n  days is noted at t h e  

By offloading t h e  payload t o  carry only a 

Mission Energy Balance 

The objective of t h i s  study was t o  evaluate, f o r  the 1973-1975-1977-1979 
opportunities, the tradeoff between launch vehicle performance al locat ion and 
spacecraft  propulsion performance t o  maximize the weight i n  Mars orbi t .  

For each mission, there is  a range of t ra jec tory  parameters which are bounded 
by constraints  as shown i n  Figure 12. The DLA boundary i s  set  by launch azimuth 
r e s t r i c t ions  due t o  range safety considerations. 
set t o  provide assurance t h a t  a launch can be made considering probabi l i t ies  of 
wind delays and hardware anomalies. 
launch vehicle capabi l i ty  t o  launch various payloads t o  specified Earth escape 
ve loc i t ies .  
required t o  slow the spacecraft f o r  capture i n  Mars orb i t .  
envelope can be subdivided in to  launch-period envelopes as shown, 
launch period and related arrival date, a m a x i m u m  C3 and VHP can be determined 
f r o m  t he  curve. This is  illustrated in  Figure 13 which shows tha t ,  fo r  the  20-day 
launch period, ear ly  arrival dates resu l t  i n  high values of VHP which imply larger  
propellant weights fo r  the spacecraft. 
VHP but at the  expense of longer t r i p  time as well as the  high energy required of 
t he  launch vehicle. 

The minimum launch period i s  

The C 3  boundary i s  established by the 

The Vm boundary i s  set considering the spacecraft propellant 

For any 
This t ra jec tory  

Late arrival dates give lower values of 

Converting Figure 13 t o  a p lo t  of a r r iva l  date versus payload i n  Mars orb i t  
results i n  Figure 14. 
sens i t i ve  t o  launch period for the 1973 and 1979 opportunities.  
1973 arrival date of February 15 rather than April  4 resu l t s  i n  a s igni f icant  
increase i n  payload i n  Mars orb i t .  
are s i zed  to  carry the largest of the science payloads (loo0 pounds i n  1977 and 1979) 
and for the largest capsule (7000 pounds). 
f l ight capsule (so00 pounds) can be accommodated using Type I t r a j ec to r i e s  on a l l  
four mlssians. 
t o r i e s  are required i n  1975 and 1977. All data on Figure 14 are based on a 5000 
pound project payload contingency. 

Here it i s  seen tha t  the payload i n  Mars o rb i t  i s  
Selecting a 

!be 1973 spacecraft structures and propulsion 

Using t h i s  design approach, a Case A 

For Caae B capsule weights (6000 and 7000 pounds), Type I1 t r a j ec -  

15 
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Encounter Communication Distance 

The purpose of t h i s  study was t o  examine operations planning a l te rna t ives  t h a t  
would r e s u l t  i n  minimizing the  Earth-Mars communication distance a t  encounter. 
Minimizing the communication distance enhances t h e  probabi l i ty  of data re turn  
s ince s igna l  margins are increased. Decreasing the ccnnmunication distance a t  
encounter over the baseline system involves extending the envelope of t r a n s i t  
t r a j e c t o r i e s  i n  the  d i rec t ion  of increasing the  hyperbolic excess veloci ty  a t  
Mars, VHp. Figure 15 shows the dependence of a r r i v a l  date on V . The resu l t ing  
communication distance i s  a l so  shown on t he  ordinate. 
of launching ea r ly  i n  the launch period as far as minimizing communication 
distance is  concerned. 
rea l ized  by f irst  in se r t ing  in to  a long period o r b i t  (60 hours), separate the  
lander capsule, and then t r ans fe r  t o  a lower apoapsis a l t i t u d e  (reduced o r b i t  
period) 

This ployshows the  value 

Some additional savings i n  communication distance can be 

Capsule-Canister Separation 

The biological  barrier (canis te r )  can be separated, exposing the  capsule, p r io r  
t o  planetary vehicle o r b i t  inser t ion  or  can be separated a f t e r  o r b i t  insertion. 
Separating the canis te r  p r io r  t o  Mars o r b i t  inser t ion  reduces the planetary 
vehicle mass, thereby reducing the  propellant required f o r  o r b i t  inser t ion.  
For a hO-pound canis ter ,  about 190 pounds of spacecraft  weight i s  saved by 
canis te r  separation before Mars o r b i t  insertion. 

Retaining the  canis te r  cover as long as possible decreases the probabi l i ty  that 
a viable  organism from the  spacecraft  f inds i t s  way t o  the capsule. The sources 
of po ten t ia l  contamination a r e  (1) micrometeroid spa l l ing  of the spacecraft  
impinging on the capsule and (2)  viable organisms ejected from the  spacecraft  
react ion control system impinging on t h e  capsule. 

Although the weight advantage of canister separation p r io r  t o  Mars o r b i t  
inser t ion  i s  a t t r ac t ive ,  the excessive time exposure of the  s t e r i l e  capsule 
under t h i s  condition leads t o  the  conclusion t o  separate the canis te r  after 
Mars o r b i t  inser t ion.  "his becomes even more a t t r a c t i v e  if  mission operations 
are such t h a t  t he  capsule is t o  remain attached t o  the spacecraft  f o r  a long 
time period before separation. 
reconnaissance is  required p r io r  t o  capsule separation. 

Th i s  might be the case if landing s i t e  

Propulsion Eugine Selection 

The contract  requirements s t ipu la ted  t h a t  the  propulsion module was t o  be a 
s ingle  design f o r  a l l  mission opportunities (1973-1975-1977-1979) . Three 
candidate l i qu id  engines were t o  be considered: t he  W E ,  the Agena, and the  
Ti tan I11 Transtage engine, with most emphasis t o  be placed on the N E .  

The spacecraft  configuration studies considered i n s t a l l a t i o n  of each of the three 
engines. !&e base l ine  deiajgn was selected using the W E  and then this configura- 
t i o n  was examined t o  note any problems with the i n s t a l l a t i o n  of t h e  other  engines, 
!&e installation canparison is  shown on Figure 16. 
are smaller i n  s ize ,  they can be accommodated within the envelope specif ied f o r  
the IMDE i f  desired.  

. _  . - 

Since the Agena and Wanstage 
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LUNAR 
SURFACE 

(“10 ) 
RESOLUTION 
(METERS) 

Data Rate Requirements 

ARE$ 
(km ) 

The return of s c i en t i f i c  data from a Mars orb i t ing  mission requires a tradeoff 
between t o t a l  data b i t s ,  transmission b i t  rate, and science objectives. The 
strongest contributor t o  data gathering is  t h e  imaging experiment since very 
la rge  numbers of data b i t s  are required t o  transmit pictures  of reasonable 
resolution. 
purposes of mapping the planet and f o r  capsule landing s i t e  selection. To 
establish t h e  desired planet coverage and resolut ion requirements, an evaluation 
of the Lunar Orbiter program was conducted and i s  summarized i n  Figure 17. From 
t h i s  data, it was postulated t h a t  each Voyager Mars mission should cover 0.1% 
of the planet (four missions = 0.4s) a t  high resolution ( 5  t o  10 meters), and 
over 75s o f  the  planet a t  medium resolution (100 t o  300 meters). 

There is  a requirement f o r  medium resolut ion pictures  of Mars f o r  

1 

8 

70-  100 

1200-1600 

I MISSIONS 1, 2 6 3  I MISSIONS 4 &  5 

26,400 0.07 * * 
132,000 0.35 * * 

’ ] 99.4% * * 1.9 10’ 
* * 1.9 107 

LUNAR 
SURFACE 

(“10 ) 

Laser Telecommunications 

A laser telecommunication subsystem on the spacecraft  would provide a t  least 
an order of magnitude higher data rate than t h a t  postulated above. 
technique is  under development a t  t h i s  time, but a subs tan t ia l  increase i n  
e f f o r t  would be required t o  support the 1973 mission. 
carry the laser system as a development item on the earlier missions re ta in ing  
the proven RF system as the prime subsystem. Switchover t o  the laser as prime 
could then take place i n  an orderly fashion. 

The laser 

It would seem prudent t o  

An example of the laser technique applied t o  a Mare mission i s  shown In  Figure 19. 
An Earth-based laser beacon illuminates the e n t i r e  o r b i t  of the spacecraft  a t  
Mars. The telescope aboard the spacecraft de tec ts  t h i s  s ignal  and locks on t o  t h e  
beam. The l a s e r  beam generated aboard the spacecraft  i s  transmitted through the  
same telescope using an appropriate lead angle t o  account f o r  laser beam t r a v e l  
time. The Earth-based receiver is  located as  close as p rac t i ca l  t o  t h e  E a r t h  
beacon t o  compensate f o r  atmospheric refract ion of laser beams. A schematic of 
the system i s  shown i n  Figure 20. 
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1973 Mission 
Base 1 ine 
Configuration 

( Rf) 

Laser 

Figure 21 shows a comparison of data r a t e  capabi l i ty  for  laser and RF systems based 
on 150 watts of input power. 
the l a se r  system than for  the RF system based on daytime operation. 
performance i s  much higher due t o  l e s s  atmospheric e f fec ts ,  
based on a helium or  neon l a se r  transmission system. 
ra te ,  f o r  the same input power, could be theore t ica l ly  achieved by using a carbon 
dioxide nitrogen laser  system. 

The b i t  r a t e  achieveable i s  5 to  10 times higher f o r  
The nighttime 

This operation i s  
Substantial  increases i n  data 

1 50 

150 

TYPE 

Laser 

SPACECRAFT 
INPUT 
POWER 
(Watts) 

300 

SPACECRAFT 
TRANSMITTER 
D I AME TER 
(Ft .) 

13.7 
(Antenna) 

2 
(Telescope) 

2 
(Telescope) 

DATA BIT RATE, 
(bPS) 

C D  * 
(260x lo6 KM) 

4 2 . 4 ~  10 

5 2 . 4 ~  10 

5 9 . 5 x  10 

CD * 
(380 x IO6 KM) 

1.2 104 

5 . 5  lo4 

5 2 . 2 x  10 

* CD = Communication distance. 
Figure 21 : RF A N D  LASER PERFORMANCE COMPARISON 
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320,000 I 320,000 

RF H i g h  Data Rate 

I 124,000 

The increased data rate requirements f o r  the  1977 and 1979 missions resul ted i n  a 
study t o  f ind ways of increasing the  information bandwith of t h e  spacecraft-to- 
Earth data l i n k  for  these missions. 
higher output power amplifier8 with a higher gain antenna and (2)  increasing the 
eff ic iency of u t i l i z a t i o n  of the  received s igna l  power through d i f f e ren t  modulation 
techniques. 

Two approaches were considered: (1) providing 

Analog and d i g i t a l  modulation techniques were examined. 
more amenable t o  systems having requirements f o r  multiple data rates and multiplex- 
ing of many d i f fe ren t  data sources. I n  addition, i f  da t a  i s  recorded p r io r  t o  
transmission, s ignal  f i d e l i t y  is easier t o  maintain i n  the d i g i t a l  format. 
are the p r i m r y  reasons that d i g i t a l  telemetry systems have been used f o r  deep 
space missions. Analog techniques of fe r  a poten t ia l  improvement i n  modulation 
eff ic iency and merit consideration where the  payload is predominantly a s ingle  
analog sensor, such as a high resolution f i l m  camera system. 

Dig i ta l  techniques are 

These 

Digi ta l  and analog techniques were compared on the  basis of the impact on the  power 
subsystem t o  (1) give an equivalent amount of data return and ( 2 )  f o r  a given power 
leve l ,  t h e  difference i n  data re turn  obtained by the two modulation techniques. 

This comparison i s  summarized below: 

Transmitter Power (watts) 

DC Power (wat ts)  

Antenna Diameter ( f t )  

Effect ive Radiated Power (dbm 

Data Bandwidth (Wz) 

Data Rate (bps) 

Digi ta l  
16,5) Coded 
PSK/PM 

360 

1200 

19 

92.4 

64 

Analog 

o r  M/PM 

140 

465 

19 

88.3 

27 

VSB-AM/PM 

Fixed 
Spacecraft ERP 

Digi ta l  
(16,s) Coded 

PSK/PM 

140 

465 

19 

88.3 

10.3 

AS indicated above, f o r  a fixed amount of data return,  t he  analog technique requires  
much less power than the d i g i t a l  technique. 
system would return Over two times the  d a t a  than tha t  of a d i g i t a l  system. 

For a given power input, the  analog 

The use of  d i g i t a l  techniques i s  advantageous when a wide var ie ty  of data rates and 
multiplexing of data sources exist. This s i tua t ion  i s  charac te r i s t ic  of the Voyager 
science payload for t h e  1973 mission. An analog system i n  1977 and 1979 f o r  t he  
l a rge  f i l m  camera appears very attractive. An approach might be t o  r e t a i n  the d ig i -  
t a l  system fo r  t he  science and engineering data, but t o  add the  analog system t o  
support t h e  l a rge  f i l m  camera system. 
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2.3 CONCLUSIONS AND RECOMMENDATIONS 

The significant conclusions and recommendations resulting from the mission/ 
system requirements and analyses task are Summarized below: 

Few of the 1971/1973 requirements are common but many are similar. 

The spacecraft system concept requires minor modifications due to changing 
from a 1971 to a 1973 mission. 

The establishment of the 1975 requirements did not affect the 1973 system 
concept . 
The addition of a large film camera in 1977 and 1979 caused increases in 
solar array area and changes to the telecommunications system to accommodate 
the higher resolution pictures. 

Unforeseen launch delays can be accommodated by offloading the launch vehicle 
payload to provide a longer launch period at the expense of a decrease in 
mission objectives. By offloading to a single spacecraft and allowing 
additional trip time, the launch period can be extended by 67 days. 

The Earth-Mars communication distance at encounter can be reduced bv about 
34s by selecting early launch, early arrival conditione, rather than the latest, 
April 2, 1974, arrival distance. 
Separating the capsule biological barrier (canister) after Mars orbit 
insertion, rather than before insertion, is recommended since it may be 
desirable to retain the capsule attached to the spacecraft for long periods 
of time to accommodate landing site reconnaissance. 

An examination of the tradeoff between launch vehicle performance and space- 
craft propulsion requirements showed that a significant increase in weight 
in Mars orbit could be achieved by selecting a February 15, rather than an 
April 4, arrival date for the 1973 opportunity. 

All three candidate liquid engines ( W E ,  Agena, and Transtage) can meet 
the Voyager Mars mission requirements. The propulsion module is designed 
such that any of the three engines can be used with minor modifications. 

A 12.4-hour orbit period, 500-lan periapsis orbit inclined at +45 degrees, can be 
used to define the 1973 spacecraft system consistent with presently under- 
stood scientific objectives . 
An average data rate of 12,500 bps is recommended as a reasonable 
compromise between conservative design for 1973 and a desire for high 
resolution imaging. Higher data rates, and hence higher resolution 
pictures, are attainable at the expense of development time and dollars. 

It is recommended that additional emphasis be given to the developnent 
of a laser telecommunication system for the 1977 and 1979 Mars missions. 
The laser system offers attractive gains in data rate over an RF system 
and would allow increased photo coverage at high resolution. 

28 



D2- 1 15002- 1 

It is recommended that a laser engineering experiment be carried on the 
1975 mission to verify its performance before incorporation in the 1977- 
1979 spacecraft system. 

Although the Apollo automatic checkout equipment can be used to support 
Voyager ground testing, it appears that a van-mounted concept is a 
better choice when considering flexibility of operations and confid- 
ence gained by mating the spacecraft and its ground test hardware from 
point of manufacture through launch. 

Logistics considerations for the spacecraft resulted in a recommendation to 
fuel the spacecraft on the launch pad using the existing Apollo Lunar 
Module fueling system modified for Voyager application. 

Although many options are available, it appears that performing payload- 
module (spacecraft, capsule, shroud segment) integration testing at the 
contractor's facilities is advisable to reduce the impact on KSC facilities 
and personnel. 
by air, and the module would be in the horizontal position. 

Shipment of the integrated payload module to KSC would be 

29 



D2- 1 15002- 1 

BLANK 



D2- I 15OO2- 1 

3 .O FLIGHT SPACECRAFT CONCEPT 

The objective of t h i s  task was t o  define a spacecraft  system concept t h a t  could meet 
the  1973 Mars mission/system requirements and constraints .  Tne f i n a l  concept was 
selected after the implications of the 1975-1977-1979 mission requirements on the  
spacecraft concept were determined. 
concept had the  f l e x i b i l i t y  t o  grow t o  meet the subsequent mission requirements with- 
out major changes. 
The f l i g h t  spacecraft resu l t ing  from these s tudies  i s  shown i n  Figure 22. 
dimensions are 170 inches long and 240 inches i n  diameter. 
allow mounting the f l i g h t  capsule t o  form a planetary vehicle. 
s ional  requirements were m e t .  

The ra t iona le  was t o  ensure the  1973 spacecraft 

The overa l l  
Provisions were made t o  

A l l  in te r face  dimen- 

The spacecraft concept i s  based on an objective of a t t a in ing  modular construction, 
where prac t ica l ,  t o  achieve f l ex ib i l i t y  i n  maintenance operations and t o  facilitate 
the ground test program. The modularization i s  indicated i n  Figure 23 where it i s  
seen t h a t  several  basic  modules ex i s t ,  This concept allows assembly and t e s t i n g  of 
all the si;azecraft 21ectrsiiics siitaysierns wit'nout t'ne propulsion module and a l s o  allows 
completely separate propulsion module tes t ing .  

The major subsystem concepts were selected as a r e su l t  of mission and system l eve l  
analyses. The remainder were selected as a r e su l t  of detail s tudies  below the  system 
level .  The major subsystem concepts are: 

1) A l iqu id  propulsion system u t i l i z ing  the  lunar module descent engine (LMDE). 

2) A photovoltaic ( so l a r  array)  e l e c t r i c  power source w i t h  batteries f o r  off-Sun 
operations. 

3) 

4) 

A celestial reference, a t t i tude-stabi l ized vehicle. 

A passive temperature control system consisting of insulation, radiators  
with louver control, and sui table  thermal paints  o r  coatings. 

A computing and sequencing system t h a t  s tores  and executes desired mission events 
and i s  reprogrammable by ground command. 

A communications system t h a t  can store a l l  data received during each o r b i t a l  
period and transmit t o  Earth a l l  data received each orb i t .  
with the DSN. 

5 )  

6 )  
The system i s  compatible 
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Equipment Module 

Propu I don Module 

Figure 23 : BASELINE MODULES 
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4.0 SPACECRAFT FUNCTIONAL DESCRIPTION 

The flight spacecraft  def in i t ion  i s  based on t h e  requirements and constraints  
established by the mission/system analyses and requirements task .  
cept establ ished by t h a t  task was the  starting point  of de ta i led  s tudies  result- 
ing i n  t h e  f l ight spacecraft definition. 
mission/system requirements. However, the def in i t ion  f o r  1973 was not  f ina l ized  
u n t i l  t h e  requirements f o r  the  subsequent missions were evaluated as t o  their  
impact on the 1973 spacecraft. Ihe 1 9 3  spacecraft structure and propulsion are s ized 
f o r  t h e  largest capsule weight (7000 pounds, Case B) and the l a rges t  science payload 
(1000 pounds ) 

' 
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Ihe system con- 

Major emphasis was placed on the 1973 

I m 
a 
e .. 
0 
0 
0 

m 

The end result of this t a sk  was the d e t a i l  def in i t ion  of the 1973 Voyager Mars 
spacecraft  and i t s  subsystems. 

The spacecraft inboard p ro f i l e  drawing i s  shown i n  Figure 24. 
dimensions are within the  established interface requirements. E lec t r ic  power is 
supplied by a 290 square foot so la r  array consisting of 16 p n e l s  on which are 
mounted a t o t a l  of 60,480 so lar  c e l l s .  The so lar  c e l l s  are 2 by 2 cm, 12 m i l s  
thick,  2 ohm-cm r e s i s t i v i t y ,  wi th  6 - d i  cover glass and have an a i r  mass zero 
eff ic iency of 11$based on ac t ive  cell area. 
W r s  o r b i t a l  operation, the solar  array w i l l  provide 904 watts of d.c. power t o  
the spacecraft .  
(-145°C) (Sun-occulted) t o  388"~ ( + l l 5 " C )  (near earth). 
vary over the range of 62 t o  108 volts d .c .  

The overa l l  

Under nominal conditions f o r  ea r ly  

The operating temperature of the so la r  a r ray  i s  from 128"~ 
The voltage output w i l l  

Three ba t t e r i e s  provide power t o  the  spacecraft when the so l a r  a r ray  i s  off-Sun 
f o r  maneuvers, o r  i s  occulted from the Sun. 
connected, 20 ampere-hour, nickel cadmium c e l l s .  
38 vo l t s ,  and up t o  500 charge-discharge cycles may be required. 
i s  rated a t  9ll watt-hours and has i t s  own charger. 

Each ba t t e ry  i s  composed of 38 series- 
The minimum bat tery voltage i s  

Each bat tery 

E lec t r i c  power i s  d is t r ibu ted  i n  the  form of regulated 50-volt r m s ,  2400-Hz, single- 
phase power t o  a .c .  loads. The power i s  obtained from regulated 230-watt inver te rs .  
A x .  d i s t r ibu t ion  i s  provided by three buses. Redundant loads are connected t o  
two of these buses. Nonredundant loads have relays for  t ransfer  t o  another bus 
i n  case of f a i l u r e  of t h e i r  normal bus. 
the  capsule, t ravel ing wave tube amplifier (TWTA), propulsion solenoid valves, 
and t h r u s t  vector control  actuators .  

Variable voltage d.c. i s  provided t o  

The guidance and cont ro l  subsystem provides three-axis a t t i t u d e  s t ab i l i za t ion  t o  
t h e  spacecraf t .  
reference system for  i n i t i a l  r a t e  damping, off-Sun maneuvers, and occultations.  
Control signals from these reference6 command cold-gas nitrogen th rus t e r s  which 
apply cont ro l  torques t o  the spacecraft. To cont ro l  the  spacecraft  during t h e  
propulsive portion of a maneuver, the thrus t ing  engine i s  gimbaled by electro-  
mechanical ac tua tors  commanded from t h e  i n e r t i a l  reference un i t  and a t t i t u d e  cont ro l  
e lec t ronics .  

The Sun-Canopus c e l e s t i a l  references are augmented by an i n e r t i a l  

Roll i s  controlled by the reaction cont ro l  jets.  
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The Canopus sensor i s  an image-dissector type s i m i l a r  t o  tha t  used on k r i n e r  I V ,  
k r i n e r  Venus 1967, and Lunar Orbiter. 
degrees pi tch and 4 degrees r o l l )  which requires no mechanical gimbaling. Photo- 
vol ta ic  Sun sensors provide Sun-spacecraft reference. 
used f o r  acquisit ion,  and an acquisit ion s ignal  i s  generated any time the sunline 
i s  within 3 degrees of the f i n e  Sun sensor nul l .  
p i tch and yaw a x i s  control  signals for normal limit-cycle operation. 

The sensor has a wide f i e ld  of view (32 

The coarse sun sensor i s  

The f i n e  Sun sensor provides 

Two i n e r t i a l  reference uni t s  are provided f o r  redundancy. 
gonally mounted, single-degree-of-freedom, floated, ra te- integrat ing gyros. Each 
gyro i s  individually switchable t o  provide redundancy i n  each axis. 

Each has three ortho- 

A n  accelerometer is  used t o  measure the spacecraft veloci ty  change along the 
thrus t  ax i s  during engine f i r ing .  
computer and sequencer subsystem, and t h rus t  is  terminated when the  veloci ty  
change reaches the required value. 

The velocity increments are counted by the  

Two limb and terminator sensors are provided to  detect crossings of the Mars 
illuminated limb and the terminator. The sensors are directed 90 degrees from 
the sunline on either eide of the spacecraft and have a n a r r o w  fan-shaped (1.5 
x 92 degrees) f ield of view t o  cover a range of o rb i t s .  

Two standby redundant cold-gas nitrogen systems provide react ion control;  a 
t o t a l  o f  62 pounds of gas i s  stored in  four 6A1-4V titanium tanks. 
has eight th rus t e r s  which operate i n  force couples; 0.45-pound th rus t  i n  pi tch and 
yaw, 0.20 pound thrust i n  roll. A maneuver rate of 0.2 deg/sec and a minimum 
angular acceleration of 0.01 deg/sec2 i n  a l l  three axes have been selected. 

The data storage subsystem records spacecraft engineering data, c ru ise  science 
data, high rate planetary science data, and capsule data received v ia  the relay 
l ink .  
with a t o t a l  storage capgcit  The b i t  e r ro r  rate for  each 

1) 

2 )  

Each system 

The selected design consis ts  of eight magnetic tape recorders/reproducers 
of 1.242 x 109 b i t s .  

recorder is less than 1 i n 1 0  3: . The eight recorders are: 

A flare recorder of 106 b i t s  capacity. 

A maneuver recorder of 106 b i t s  capacity which a l s o  acts as a backup t o  the 
flare recorder. 

Two i den t i ca l  recorders, 2 x lo7 b i t s  each, for IR scanner data, IR-UV spectro- 
meter data, o r  postlanding capsule data. 

Four iden t i ca l  recorders, 3 x 108 b i t s  each, f o r  TV data o r  f o r  the capsule 
during i t s  descent phase. 

3) 

4) 

Operating modes fo r  a l l  eight recorders can be controlled by stored commands 
from the  computer and sequencer or  by ground command. 

Fhch recorder has continuous reel-to-reel  tape t ransport  and associated electronics .  
All t ranspor t s  use two motors t o  cover the various record and playback speeds. 
Speed change of the  two-phase hysteresis-synchronous motors i s  accomplished by 
power supply frequency divloion and attenuation of the supply voltage. 
maximum speed r a t i o  I s  used f o r  the single 12-pole motor. 

A 25 t o  1 
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The concept of three recorder types for the  1973 baseline can be replaced by a con- 
cept employing only one recorder type, reducing the  t o t a l  number required from 
eight t o  s ix  recorders. 
data is  required; however, the concept of a s ingle  type (3 x 108 bits)  of recorder 
i s  attractive. 
capabi l i ty  i s  very a t t rac t ive .  
ments i s  needed before f i n a l  select ion i s  made. 

Some addi t ional  multiplexing and fonnatting of science 

The weight change would be small, but t h e  increase i n  redundancy 
A more detailed analysis  of mission p ro f i l e  require- 

The telemetry subsystem provides acquisit ion,  conditioning, and f o r m t t i n g  of 
science and engineering data, and generation, modulation, and mixing of subcarriers 
fo r  transmission of t h i s  data t o  Earth v i a  the radio subsystem. 
incorporates t i m e  and frequency multiplexing, biphase modulation, and biorthogonal 
block encoding of science data. 
t a t i o n  of s i x  telemetry modes using the  high, medium, and low gain antennas i n  
proper relationship t o  provide optimum data rates fo r  each mission phase. 

The design 

System f l e x i b i l i t y  is provided through implemen- 

The maximum data  ra te  is 48,000 bps nominal f o r  ear ly  o r b i t  conditions out t o  
300 x 106 km. This rate drops t o  24,000 bps nominal f o r  operation out t o  393 x 
106 km. 
The radio subsystem, operating at S-band, processes telemetry, command, tracking, 
and ranging signals between the  spacecraft and t h e  Deep Space Network. Redundant 
t ravel ing wave tube amplifiers (TWTA) rated at  50 watts worst case provide 
power f o r  transmission. 
nominal noise figure is used t o  lower the overa l l  receiver system noise leve l .  

A germanium tunnel diode preamplifier with a 4.5-db 

Four S-band and two YHF antennas are provided t o  accomplish mission requirements. 
A 13.7-foot diameter, parabolic dish, two-axis controlled high gain antenna is  
the  prime l i n k  with DSN.  A single-axis control,  3-foot diameter, medium gain 
antenna is a backup t o  the  high gain antenna. 
coverage during t r a n s - k r s  InJection and ear ly  c ru ise  as w e l l  a6 a backup f o r  the 
end-of-mission phase. 

Two fixed, low gain antennas provide 

The computing and sequencing (C&S) subsystem automatically sequences a l l  routine 
spacecraft operations. It contains a cycled, spec ia l  purpose computer t h a t  
s tores  the misslon sequence of commands i n  a 1024-word magnetic core memory. 
It can be updated by ground command t o  provide f l e x i b i l i t y  t o  handle anomalies 
o r  t o  change mission plans. 
r eg i s t e r  (mister clock) fo r  control l ing a l l  timed events. 
time i s  accurate within t 20 seconds f o r  o rb i t  inser t ion  without ground updating. 
Four kinds of e l ec t r i c  signals are used between the  computer and sequencer and 
other subsystems. These include a 6 - ~ 0 i t ,  4.8-kaz pulse t ra in , for  100 millieeconds, 
f o r  firing electroexplosive devlcea o r  latching devices; a 6-~01t, 4.8-kEz LlQuare 
wave used f o r  on-off control; a 6-volt clock reference pulse  train of unlfom pulses 
for synchronization and timing; and a 6-v0it pulse t r a i n  of binary data f o r  infor- 
mation between the computer and sequencer and o ther  subsystem. 

The computer and sequencer contains the  osc i l l a to r /  
For example, spacecraft 

The propulsion subsystem is a l iqu id  bipropellant concept u t i l i z i n g  the  Apollo 
lunar module descent engine ( W E )  fo r  a l l  propulsive maneuvers. 
stage was sized for the  worst-case mission i n  the  1970's t o  preclude changes. 
The LMDE operates i n  two th rus t  modes: 
a r r i v a l  time biasing, and o r b i t  t r i m ,  9850 pounds t h r u s t  f o r  o r b i t  inser t ion.  
The tanks are sized t o  handle 12,625 pounds of usable propel lants  which provide 
a t o t a l  hV Of 1.950 km/sec required f o r  t he  worst-case mission (1979). 
can be offloaded for  a l l  other  mi6sions. 

The propulsion 

1050 pounds t h r u s t  f o r  midcourse correction, 

The tanks 
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The propellants,  monomethylhydrazine and nitrogen te t roxide,  are loaded in to  
four =in tanks Plus two start tanks. 
sion. The system w i l l  provide 210 m/sec A V  f o r  midcourse and arrival biasing, 
1590 m/sec f o r  o r b i t  inser t ion,  and 150 m/sec f o r  o r b i t  t r i m  fo r  the  1973 Wrs  
mission. 

Two helium tanks provide propellant expul- 

The LMDE is s t a r t ed  i n  the  low thrust  mode (lo50 pounds t h r u s t )  t o  s e t t l e  the  
propellants p r io r  t o  operation i n  the high t h r u s t  mode. 
only are used f o r  veloci ty  corrections below 10 m/sec. 

The start tank propel lants  

The s t r u c t u r a l  subsystem provides support t o  a l l  o ther  spacecraft  subsystems and 
is  the  prime physical in te r face  with the launch vehicle shroud, A f i e l d  Jo in t  
is  provided t o  accept the  f l ight  capsule. 
aluminum t rus s .  
any mission opportunity i n  the  1970's. 
during boost and r e s u l t s  i n  a combined ul t imate  load condition of 5.94 g axial 
and 2 .5g  lateral with an ultimate safety fac tor  of 1.25. 

The prinrsry s t ruc ture  is welded 2219 

The c r i t i c a l  design load condition occurs 
It i s  designed for the nraxirmun load condition encountered i n  

Deployable appendages are stowed u n t i l  planetary vehicle release from the S-IVB. 
The appendages are released by t h e  actuation of pyrotechnic pin pul le rs .  Follow- 
ing release,  they are' deployed by spring-operated l i n e a r  actuators  using s i l i cone  
o i l  for s t roke damping. Pointing control  f o r  movable items such as the high gain 
antenna i s  achieved by pulse motor reduction gear mechanisms incorporating 
posi t ion feedback signals 

The planetary vehicle is  attached t o  the  launch vehicle shroud by eight explosive 
b o l t  assemblies. Upon release, compression springs located a t  each attachment 
point  provide separation veloci ty .  

The therm1 cont ro l  subsystem consis ts  of  thermal cont ro l  coatings and paints ,  
multi layer insulat ions,  and bimetallic-actuated louvers. 
as a heat s ink  during t r ans i en t  conditions. 
are control led by space-facing louvers which reac t  t o  the temperature of  a rad ia tor  
p l a t e  t o  open o r  c lose  t o  lnsintain radiator  plate temperature. 
t o  the back side of the rad ia tor  p la te  t r ans fe r s  heat by conduction t o  the  
r a d i a t o r  which transmits heat by radiat ion to space through the  louvers. 
radiator temperature cont ro l  range i s  280"~ (45°F) t o  2V'K (75°F). The louver 
assemblies are 35.6 by 61 c m  (14 x 24 inches) having an ef fec t ive  area of 0.202 
square meters (2.17 square f ee t ) .  
by bearings and is actuated by a bimetal l ic  spring. 
patian capabi l i ty  varies from 3.2 t o  32.6 watts/square f o o t  f o r  the equipment bays. 

The spacecraft  is  used 
Electronic equipment bay temperatures 

Equipment mounted 

The 

Each louver blade is supported and s tabi l ized 
!be louver-radiator hest diesi- 

Mult i layer  insu la t ion  assemblies are a maximum of 1.22 meters by 1.22 meters (4 feet 
by 4 feet) to  f a c i l i t a t e  manufacture and assembly. Depending on the application; 
the assembly is  either multiple layers of 1/4-nil mylar aluminized on both sides, 
O r  mul t ip le  layers  of 1/4-mil mylar alurainized on both side8 w i t h  an outside cover 
l a y e r  of 2-pail H - f i l m  a l d n i z e d  on one side, o r  multiple layers  of 1/4-mil H-f i lm 
aluminized on both sides with the outside cover of 2 - d l  H-film aluminized on one 
ride . 
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The propulsion module i s  thermally isolated from the spacecraft subsystems t o  
facil i tate the  ground t e s t  program and t o  account fo r  a d i f f e ren t  operating 
temperature range, 278OK (40°F) t o  317*K (110'F). 
t h e  thermal conditions associated with LMDE f i r i ng .  By insulat ing the  nozzle 
s k i r t  extension, the nozzle e x i t  can be located 86 inches ve r t i ca l ly  from the 
so la r  array without overheating the  so la r  a r ray  as a r e su l t  of engine f i r i ng .  

Par t icular  a t t en t ion  is  given t o  

5% 1001 

7000 7000 

for 1979 mlssion 

13.7 I 19 

A weight statement for  the 1973 configuration i s  shown i n  Figure 25. 
requirement of 23,OOO pounds, established by the mlssion/systan requirements and ana- 
lysis task, there i s  a 240-pound margin for the 1 9 3  spacecraft. 
!he requirements of subsequent missions (1975-1977-1979) have been considered in 
the 1973 spacecraft design. 
follows : 

Based on a 

The impact of these requirements is ammarlzed as 

Cold 
gas 

290 

Item Affecting Configuration 

Cold Hydra- 
gas zine 

3 52 414 

Science Payload - pounds 

Capsule Weight - pounds (Case B) 

Propulsion System 

Antenna Diameter - feet 

Structure 

Att i tude Control 

Power - Solar Panel Area - square feet 

Mission Year 

1979 

10% 

7 0  

19 

Hydra- 

414 

zine 

The principal  impacts of the subsequent missions are due t o  (1) large capsule, 
( 2 )  large f i l m  camera, (3) larger  electric power requirement, (4) more t o t a l  data re- 
turn .  
sized i n i t i a l l y  t o  handle the most s t r ingent  mission requirements (1979). 

Both the propulsion module and the  spacecraft  primary s t r u c t u r e  have been 

The major implication i s  the addition of a large film camera f o r  the  1977-1979 
missions. 
i s  the  storage device, t h e  overa l l  data requirements increase which effects the 
telecommunications system. The increased da ta  rate, due t o  a larger t o t a l  quantity 
of b i t s  required, resu l t s  i n  a change from a 13.7-foot t o  a 19-foot high gain 
antenna. 
t h e  large quantity of f i l m  data.  
appears wise t o  carry a laser communication experiment on t h e  1975 mission t o  place 
the  program i n  a position t o  switch t o  laser communication f o r  1977-1979 i n  the 
event the development program is  successful. 
ments due t o  the fixed in s t a l l a t lon  f i l m  camera along with the  heavier capsule 
leads t o  a potent ia l  change from a cold-gas nitrogen react ion cont ro l  system t o  a 
hydrazine eystem t o  conserve weight. 
requirements due t o  the large opt ics  may r e s u l t  i n  t he  use of addi t ional  stabiliza- 
t i o n  equipment such as control moment gyros. 
by deployable so la r  panels. 

Although the requirement f o r  tape recorders decreases because the  film 

The prime communication l i n k  i s  changed f r o m  d i g i t a l  t o  analog t o  handle 
The future requirements appear so large that it 

The increase i n  maneuvering require- 

More s t r ingen t  spacecraft s t ab i l i za t ion  

The f ixed  solar ar ray  can be augmented 
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It i s  concluded tha t  the 1973 Voyager Mars spacecraft designed i n  support of Task D 
will meet the specified requirements and constraints.  Program cost  savings r e su l t  
from sizing the propulsion and s t ruc tura l  subsystems f o r  the most s t r ingent  of the  
four missions. The modifications of the other  subsystems t o  meet subsequent mis- 
sions are considered t o  be a reasonable extension of the 1973 Task D baseline. 
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5.0 SELECTED ENGINEERING TASKS 

Since the f i v e  tasks are not d i r ec t ly  related, the  summary of  each w i l l  contain 
the  task objectives,  the s ign i f icant  Esults, and conclusions of recommendations 
as appropriate. The f i v e  tasks i n  order of appearance i n  t h e  statement of work 
are : 

Mission-Dependent Equipnent Definition 

Voyager Program Test F l igh t  

Science Payload Evolution Considerations 

Pa r t i cu la t e  Contamination Considerations 

Photoimaging Considerations 

5.1 MISSION-DEPENDENT EQUIPMENT DEFINITION 

The object ive of t h i s  task was t o  define the  mission-dependent equipment (MDE), 
both hardware and software, r e q u i r e d t o  support the Voyager Mars 1973 mission. 

The ex i s t ing  deep space network (DSN) i s  designed t o  support unmanned missions t o  
lunar and planetary distances.  
i n t e r f ace  requirements at the DSN, MDE hardware and software are added t o  the  sites 
to  make them compatible with the  various spacecraft  and missions. 
depicted i n  Figure 26. 

Since d i f fe ren t  programs r e su l t  i n  d i f fe r ing  

This i s  

The approach to  t h i s  task was t o  develop the data measurements f o r  the downlink 
and break t h i s  down i n t o  types, quant i t ies ,  and real-time performance assessment 
data. Mission contingency ac t ions  were then iden t i f i ed  and the requirements f o r  
uplink commands established. The downlink data requirements are  shown i n  Figure 
27 related t o  various mission phases. 
i dent i f i ed . Over separate measurements have been 

The extreme communication distance from Mars t o  Earth r e s u l t s  i n  an approximate 
12-minute delay between the sending of a signal and i t s  reception. It can take 
over an hour t o  accomplish the following sequence: analyze a received signal, 
r eac t  t o  i t s  implications, achieve communications system lockup, send the 
command, and then ver i fy  it has been received. This condition i s  shown by 
Figure 28. This communication delay time i s  one of the  key parameters i n  deciding 
how t o  handle contingency items. 
c r a f t ,  all planned missions events and a l l  possible combinations of anomalies and 
their  correct ive action. Proper s t ructur ing of the  mission software and allowing 
reprogramming of the spacecraft  computer w i l l  a l l e v i a t e  t h i s  problem. 

Mission-dependent 'software cons is t s  of computer programs added t o  the DSN t o  
accomplish the  Voyager mission. 
by the software. 
and verifies commnds. 
Pasadena, the software performs various functions.  F i r s t ,  t h e  command telemetry 
handling rout ine formats data, time-tags incoming data, performs alarm monitoring, 

It i s  not p rac t i ca l  t o  store,  on board the space- 

Figure 29 shows the functions t o  be performed 
A t  t he  DSIF's, the software edits telemetry data i f  required 

A t  the  space fl ight operations f a c i l i t y  (SFOF) a t  
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Resultant 
Corrective Telemetry / \ Lockup Return Command 

Command 
Subsystem 
Lockup 
Process Lock 

UP 

I 1 1 1 1 1 1 I 
0 10 20 30 40 50 60 70 

TIME (Minutes) 
Figure 28: CONTINGENCY COMMAND TIME SEQUENCE 

and selectively displays telemetry data. The flight path analysis  and command 
(FPAC) software provides spacecraft posit ions and ve loc i t ies ,  past and predicted, 
and computes mneuver sequences and t r a j ec to r i e s .  
ana lys i s  and command (SPAC) software monitors spacecraft subsystem performance 
and provides predicted s t a t u s  and diagnostic subroutines. Mission integrat ion 
and control  ties the software programs together and provides the primary in te r face  
with data banks f o r  use by FPAC and SPAC. It a l s o  provides f o r  simultaneously 
handling data from two spacecraft and capsules. Checkout, t ra ining,  and 
simulation software is used f o r  operations personnel t r a in ing  preparatory f o r  a 
m i  s sion . 

The spacecraft performance 

The primary considerations f o r  implementing MDE and software are the communica- 
t i o n s  delay t i m e  a t  Mars distance and the requirements t o  handle two spacecraft 
simultaneously. These lead t o  the following recommendations: 

1) Separate displays and cornanend consoles should be implemented a t  the  SFOF. 

2) The telemetry d a t a  a t  each DSIF should be tagged by frame t o  indicate  the 
or iginat ing Spacecraft. 

3) There should be a display t h a t  allows comparison of computed s p c e c m f t  
s t a t u s  with current telemetry status. 
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and Command (FPAC) 

Spacecraft Performance 
Analysis and Command 
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Simulation for 
Tralning and Software 
Checkout 
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Function 
Performed 

DSlF Command 
Processing 

DSlF Command 
Veri f i ca t i on 

DSlF Telemetry 
Data Hand1 ing 

Input Processor 
Formot Edit 
Output Processor 

SFOF Real-Time 
Telemetry Processing 

Input Processor 
Telemetry Processor 
Output Processor 

SFOF Telemetry and 
Tracking Data Processor 

Input Processor 
Te I erne tr y Proc ersor 
Past Time Data 

Display 

Orbi t  Determination 

Guidance and 
Maneuver Anal yslr 

Mi ss ion Inf ormot ion 

System Monitor 
and Control 

Contingency Aids 

Master Timing 

Command Generation 

Mission Events 

Data Bank 

Simulated Real-Time 
Telemetry Generation 

Simulated Real-Time 
Tracking Generation 

Whew 
Used 

FOF - 

X 

X 

- 
X 

X 
X 
- 
X 

X 
- 
X 

X 

X 

X 

X 

X - 

Software Development 

Mission 
Independeni 
(80 to 1WL 
Existing) 

Modif ied 
Mission 
lndependen t 

X 

Figure 29 : MISSION SOFTWARE REQUIREMENTS 
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MAXIMUM CIRCULAR . 
ORBIT ALTITUDE (n mi) 

CONFIGURATION AND 
WEIGHT IN ORBIT 

1 PLANETARY VEHICLE 
FULL FUEL LOAD 1020 

5.2 VOYAGER PROGRAM TEST FLIGHT 

MAXIMUM ELLIPTIC ORBIT 
APOGEE (100 n mi PERIGEE) 
(n mi) 

2750 

The objective of t h i s  task was t o  determine the benef i t s  of a test flight i n  terms 
of added assurance and the effects on a postulated ground test program. 

_ _ ~ _ _  ~ 

SPACECRAFT O N L Y  (NO 

The approach t o  t h i s  task  was t o  ident i fy  a Voyager program predicated on the  
use of ground t e s t ing  only. Then a flight test  t o  be added t o  the ground test  
program was considered. 
loss of mission assurance, then the costs f o r  the deleted portions could be sub- 
t r ac t ed  from program cost. 
i den t i f i ed  where tha t  occurred. 

If the  f l i gh t  test  could replace ground tests a t  no 

Added assurance due t o  the  test  flight was t o  be 

1630 4800 

The test  flight was proJected as a launch of either a spacecraft o r  a planet-  
a r y  vehicle by a Saturn 1B. 
f l ight  unless the spacecraft propulsion system were used t o  augment the launch 
vehicle. 

The test f l ight would necessarily be an Earth o r b i t  

I 1 PLANETARY VEHICLE I 1OOh FUEL LOAD 2300 7650 

SPACECRAFT ONLY ( N O  3490 15120 
CAPSULE) 10% FUEL LOAD 1 

Nose Shroud: 4880 Ib, 3860 Ib Jettisoned at IO0 n mi 
Performance bared on d w  eat  launch, SA-212 vehicle 
S-IVB Assumed Restartable 

I 

Figure 30 : VOYAGER/SATURN IB FLIGHT TEST CAPABILITIES 

There are several  key advantages to  considering a deep space flight ra ther  than 
an  Earth o r b i t a l  f l i gh t .  

The DSIV performance cannot be ver i f ied for Earth o r b i t a l  flights because of 
doppler rate, acquisit ion,  tracking, coverage l imitat ions,  and communications 
delay t i m e  differences. 
desirable because it would r e a l i s t i c a l l y  simulate a mission and because signal 
s t rength margins could be evaluated. 

Checkout of the  Voyager system using the  DSN is 
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2) The thermal environment near Earth i s  very d i f fe ren t  from tha t  of i n t e r -  
planetary space. 

3)  Real i s t ic  performance of the star t racker  cannot be achieved i n  Earth orbi t .  

The major conclusions from the  test  flight study are: 

1) Considerable program success assurance i s  added by t h e  inclusion of a test 
flight. However, s tudies  have shown that the costs of such a test flight con- 
siderably exceed the savings realized by delet ion of some ground test simulations. 

The best of the candidate f l i g h t s  was one i n  which the  planetary vehicle w a s  
boosted t o  a maximum e l l i p t i c a l  Earth orb i t ,  t he  capsule was released, and 
then the spacecraft propellants were used t o  i n j e c t  t o  a Mars encounter 
condition. 

2) 

3)  If money i s  available f o r  a test  f l i g h t ,  it i s  concluded t h a t  a deep space 
f l i g h t  provides more program assurance than an Earth o r b i t a l  test  
flight. 

5.3 SCIENCE PAYLOAD EWLUTION CONSIDERATIONS 

The objectives of t h i s  task were t o  determine the  ways i n  which science payloads 
may evolve from the 1973 Voyager Mars mission t o  the subsequent 1975-1977-1979 
missions and t o  determine the  impact of t h i s  evolution on the spacecraft. 

The approach t o  t h i s  task  involved s t a r t i n g  with the  basic  objectives for planetary 
exploration established by the i n i t i a l  NASA charter  and t o  construct a roadmap 
space experiment rationale t h a t  eventually leads t o  the  def in i t ion  of t he  experiments 
t o  be carr ied f o r  the  Voyager Mars missions. 
Figure 31. 
Sc ien t i s t s  have developed a number of competing theories  concerning the fundamental 
questions. 
either confirm or deny the  theories.  
measured, but models describing the  theory can be mathematically constructed. 
these models, cer ta in  implications can be drawn. 
questions t h a t  can be converted t o  experiments t o  answer t h e  questions. 
evident that  no single experiment w i l l  va l ida te  o r  inval idate  a theory. 
l imi ta t ions  also resu l t  i n  an ever expanding desire for more and better experimental 
data t o  support o r  deny a theory. This t rend is  indicated i n  Figure 32 where a 1973 
mission science payload is  shown t o  evolve i n  many possible ways for the subsequent 
missions. 
for measurements i n  subsequent missions. 
depends i n  par t  on what is  discovered i n  the  f irst  mission. 

This overa l l  ra t iona le  i s  shown i n  
The rationale starts with the  three stated fundamental questions. 

The purpose of the  measurements t o  be made by the  experiments i s  t o  
To continue t h e  chain, a theory cannot be 

From 
The implications lead t o  specif ic  

It becomes 
Hardware 

The science support equipment a l s o  grows t o  handle the  increased demand 
The exact path t h a t  w i l l  be followed 

A postulated evolution of instruments i s  shown i n  Figure 33. 
i s  used t o  plan the science missions f o r  t he  various opportunities and t o  provide 
source data t o  specify spacecraft system in te r faces  such as weight and power. 
Using data from Figure 33, it i s  possible t o  e s t ab l i sh  the  science subsystem char- 
a c t e r i s t i c s  as shown i n  Figure 34. 
from 371 pound8 i n  1973 to over lo00 pounds in 1977 and 1979. 
primarily on the evolution of photoimaging equipnent frm t e lev is ion  i n  1973 
t o  a large film-type camera i n  1977. 

This type of char t  

As can be seen, t h e  science payload increases 
trend is based \ 

The theory here is t h a t  ea r ly  missions would 
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1. Protomaterial Similar. 
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1 . Present Cor.iposi tion 
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2. Effect of Evolution 

3. Original Materials 

2 

1. Natural Consequence of 
Planet Evolution. 

*Carbon Chemistry 
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Reducing Atmosphere 
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Environment. 

L h \ 

t 
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Figure 31: AREAS OF INQUIRY FOR PLANETARY EXPLORATION 
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map the planet at medium reso lu t ion  and iden t i fy  several  desirable landing sites 
f o r  the capsule i n  subsequent missions. 
missions would be f o r  de ta i led  investigation of’selected a reas  t ha t  were found 
t o  be of s c i e n t i f i c  i n t e r e s t  from the e a r l i e r  missions. 

The high resolut ion obtained i n  the later 

The impact on the power subsystem due t o  the increased science payload i s  shown 
i n  Figure 35, where the power i s  seen t o  increase from 163 watts i n  1973 t o  over 
360 watts i n  1977-1979. 
occur between the  1973 and 1979 missions. 
p ic ture  of the impact of science payload evolution on the spacecraft .  
more science data requires  increased data storage ( a t  least f o r  vidicons) and 
a higher data transmission rate t o  handle the  increased data. 
need for a l a rge r  antenna and higher t r a n m i t t e r  power. 
l a rge  film camera i n  1977 and 1979, will result i n  tighter point ing accuracy re- 
quirements which i n  turn a f f e c t s  the a t t i t u d e  control  s t a b i l i z a t i o n  requiremente. 
S igni f icant  conclusions r e su l t i ng  fmm this task are: 

V e r y  s ignif icant  increases i n  science data b i t s  also 
Figure 36 i s  included t o  provide a t o t a l  

As shown, 

This suggests‘a 
Ihe Urger antenna, and a 

I) The evolution from vidicons i n  1973 t o  a large f i l m  camera i n  1977 has the 
largest impact of any experiment on the  spacecraft. 

2) The evolution of t h e  t o t a l  science payload w i l l  increase its approximate weight 
from 400 pounds i n  1973 t o  600 pounds in 1975 and lo00 pounds i n  1977 and 1979. 

3)  As data rate requirements increase, it will be necessary t o  spend development 
t i m e  and do l l a r s  t o  upgrade data recorders t o  match the c a p b i l i t y  of advanced 
vidicons. 

More Science 
D o r O  

More Data Tmnum’rrion 

kk. Elechicol MonThrmcrlCon~ol  . 
par 

More Stability 

Figure 36: IMPACT ON SPACECRAFT OF INCREASED SCIENCE DATA 
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5.4 PARTICULATE CONTAMINATION 

The objective of t h i s  task was 

D2- 1 15002- 1 

CONSIDERATIONS 

t o  determine a practical l eve l  of par t icu la te  
contamination control (nonbiological) f o r  t h e  Voyager flight spacecraft and i t s  
subsystems. 

Experience from other  programs, such as Mariner and Lunar Orbiter, have shown tha t  
loose fragments can influence operational r e l i a b i l i t y .  Evidence from the  Mariner 
I V  flight indicates  t ha t  interference with the Canopus sensor and consequent l o s s  
of lock was caused by loose fragments t ha t  caused confusing re f lec t ions  t o  be seen 
by the op t i ca l  sensors. 

Par t icu la te  contamination has long been of concern i n  the fabricat ion and assembly 
of subsystems where close-tolerance values are used. 
short  c i r c u i t s  and charac te r i s t ic  changes i n  e lectronic  equipent .  

Par t icu la te  contamination is controlled by conducting manufacturing and assembly 
operations i n  clean rooms where the  air i s  filtered and temperature- and humidity- 
controlled. 
l eve ls  of par t icu la te  control on program costs.  

This task was accomplished by f i rs t  establishing allowable par t icu la te  contam- 
inat ion leve ls  f o r  the subsystems and components of the spacecraft. 
processes f o r  achieving these leve ls  were established. 
were established f o r  accommodating the hardware and associated processing. 
steps are sumaarized i n  Figure 37 for two of the seven c r i t i c a l  subsystems. 
contamination limits are given i n  an allowable number of pa r t i c l e s  of various sizes. 

Contamination can cause 

The end objective of t h i s  task was t o  show the i m g a c t  of prac t ica l  

Proposed 
The f a c i l i t y  requirements 

These 
The 
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Clean rooms are c l a s s i f i e d  on a standard basis by Federal Standard 2098, so t h a t  
it i s  possible t o  relate the established allowable l eve l s  t o  a pa r t i cu la r  type of 
clean room. 
The data shows tha t  a Class 100,OOO clean room contains no more than 100,OOO 
p a r t i c l e s  0.5 micron and 1arger.Fr cubic foot  and contains no more than 100 
p a r t i c l e s  10 microns and l a rge r  per cubic foot.  
largest cost  would be f o r  operation i n  a Class 100 room since it allows the  least 
number of p a r t i c l e s  of any selected size. Referring back t o  Figure 37, the  so l a r  

Figure 38 shows charac te r i s t ics  of three types of clean rooms. 

This f igu re  a l s o  implies that the 

array assembly, when subjected t o  integrat ion and acceptance tes t ing ,  has contam- 
ina t ion  l imi t e  of: 

Less than 100,ooO p a r t i c l e s  0.5 micron and Larger 

Less than 700 p a r t i c l e s  5 microns and la rger  

20 p a r t i c l e  25 microns o r  larger 

These l i m i t s  l i e  close t o  the capabi l i ty  of a Class 100,000 clean room i n  Figure 38. 
Onthe otherhand, the propulsion subsystem components have more s t r ingent  contamin- 
a t i o n  limits and must be handled i n  a Class 100 area. 
on a p r a c t i c a l  basis by use of Class 100 benches located within a Class 100,OOO 
clean room. 

A clean room does not automatically r e s u l t  i n  clean hardware. 
l i n e s s  i s  s t r i c t  adherence by personnel t o  processes and procedures while 
operating x i t h i n  a clean area.  
success i n  t h i s  v i t a l  par t  of t he  program. 

This condition i s  achieved 

I 

The key t o  clean- 

Personnel motivation w i l l  do much t o  ensure 

6 
0 

2 
3 August 10, 1966 
V 

Federal Standard- u, 

W a 
v) 
W 
A 

I- = 
V - 
s 

0.5 1 .o 5 10 

PARTICLE SIZE (Microns) 

Figure 38 : CLEAN ROOM CHARACTERISTICS 

63 



D2- 1 15002- 1 

Costs of clean rooms vary with location and are dependent on type and s i z e  of 
clean room as shown i n  Figure 39. Here it i s  seen t h a t  cos ts  vary from about 
$b/square foot  t o  $l20/square foot when considering horizontal  or v e r t i c a l  
laminar flow rooms. For the  range of ce i l i ng  heights considered, doubling the 
height about doubles the cost  per square foot. 
f o r  any par t icular  type of clean room, (i .e. ,  v e r t i c a l  flow), the  i n i t i a l  con- 
s t ruc t ion  cost i s  the same regardless of t he  c l a s s  of clean room desired. The 
cleanl iness  l eve l  achieved i s  dependent on the number of personnel i n  the  room, 
the a c t i v i t i e s  performed, and the frequency of cleaning the items being processed. 

It i s  in t e re s t ing  t o  note tha t ,  

Clean roan operating cost  predictions were based on an examination of the 
manufacture and assembly h is tory  on Lunar Orbiter. 
program showed tha t  an  overa l l  increase of about 14% i n  manhours/vehicle resul ted 
from cleaning operations. 

Examination of cos ts  on that  

Based on t h i s  t a sk ,  the  following conclusions were reached: 

1) A prac t ica l  level  of par t icu la te  contamination control  for Voyager requires 
a Class 100,OOO clean room. 
the  clean room are required. 

L i m i t e d  operation using Class 100 benches withir, 

/ 

I 1 

20 40 60 
CEILING HEIGHT (ft) 

Figure 39:  CLEAN ROOM FACILITY UNIT COST 
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2) A wall-to-wall laminar flow clean room i s  recommended f o r  minimum cost. 

3)  Personnel motivation has been proven t o  be a key f a c t o r  i n  maintaining 
hardware cleanl iness  based on Lunar Orbiter experience. 

5.5 PHOTOIMAGING CONSIDERATIONS 

"he object ives  of t h i s  task were to :  

1) Compare vidicon, e l e c t r o s t a t i c  tape, and f i l m  photoimaging systems f o r  
performing the Voyager imaging experiment. 

Determine the impact of t he  photoimaging system on the f l i g h t  spacecraft .  

Determine the highest achievable resolution as a function of weight f o r  each 
of the three systems. 

2) 

3) 

The requirements f o r  photoimaging a r e  derived from the basic  s c i e n t i f i c  
object ives  f o r  planetary exploration. 
of t he  evolution of t he  so la r  system and the  search f o r  e x t r a t e r r e s t r i a l  life. 
The science payload evolution task, discussed e a r l i e r  i n  t h i s  report ,  t raced the 
path from these top-level object ives  down t o  the conduct of imaging experiments 
f o r  Voyager Mars. 
object ives  during Mars o r b i t a l  operations by: 

These objectives include the understanding 

The imaging experiment contributes t o  meeting the  above 

0 

0 Studying planet surface composition. 

Locating evidence of favorable environment f o r  l ife.  

0 Studying cloud pa t te rns  and storm dynamics. 

0 Providing a map f o r  geologically-oriented data from other  science experiments. 

0 Studying e f f e c t s  of seasonal variations.  

The requirements f o r  resolut ion and coverage t o  satsify the  above objectives were 
developed considering the science payload evolution task and a r e  summarized below: 

Coverage a t  Medium Resolution 

0 75s of the planet, 60"s t o  40"N - 1973; 

0 1 Ehtire planet  - 1975-1977-1979; 

0 100 t o  300 meters resolut ion - 1973-1975-1977-1979 

Coverage a t  H i g h  Resolution 

0.1% of planet surface - 1973 

,l$ of eurface - 1975-1977-1979 

1 t o  10 meters resolut ion - 1973-1975-1977-1979 
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These requirements are similar t o  those of the Lunar  Orbi ter  f o r  the  Moon missions. 
Resolution on the order of 1 meter w i l l  enable the detection of objects  on the 
surface of Mars comparable t o  the  size of large Earth -1s. 
l e s s  than 0.5 meter probably cannot be achieved because of atmospheric scat ter ing,  
turbulence, and haze. 

Ground resolut ion 

Three types of imaging systems were evaluated i n  detail  i n  t h i s  study. They are the 
vidicon (TV) system, the e l e c t r o s t a t i c  tape system, and a s i l v e r  hal ide film 
camera system. The advantages and disadvantages of these three concepts a r e  
shown i n  Figure 40. 

Film systems have been used f o r  both Earth o r b i t a l  and the  Lunar  Orbi ter  
photographic missions. 
s tore  a very large quant i ty  of data a t  an extremely high packing density. 
i s  c l a s s i f i ed  as a high resolut ion system. 

The key fea ture  of t h i s  type of system i s  that it can 
It 

The vidicon has seen more use than the other  types i n  Earth o rb i t a l ,  lunar, 
and planetary missions. 
performance under planetary space environment conditions. 
tency of the image on the sensor, the vidicon system incorporates 
a tape recorder t o  s to re  t h e  imaging data f o r  later transmission t o  Earth. 

The system i s  very simple and has demonstrated r e l i a b l e  
Due t o  the low persis- 

The e l e c t r o s t a t i c  tape camera (ESTC), developed f o r  Nimbus, combines the 
function of the vidicon and tape recorder i n t o  one system. 
e l e c t r i c  conductive materials are deposited on a tape. 
simultaneously exposing the  tape t o  an o p t i c a l  input and t o  a raster scan of e l ec -  
t rons.  
beam. 

Photoconductive and 
Exposure cons is t s  of 

Readout i s  accomplished by scanning the tape with a focused e lec t ron  

The three  imaging systems concepts were evaluated on the  basis of ground 
coverage and resolution, weight, s ize ,  smear and image motion compensation, format, 
foca l  length, aperture, exposure time, and opt ics  design. Parametric data were 
developed f o r  all of these considerations which allows imaging system as w e l l  as 
spacecraft  system-level t radeoffs  t o  be conducted. 
the expected improvement t rends f o r  the three systems p lo t t ed  i n  terms of surface 
resolut ion and the width of surface coverage. 
surface coverage improvements can be obtained by increasing the sensor s i z e  o r  
resolution. The vidicon appears t o  have the most growth capabi l i ty;  however, even 
by 1975, i t s  predicted growth does not match the resolution/coverage capabi l i ty  of 
current f i l m  systems. 

As an example, Figure 41 shows 

For a se lec ted  ground resolution, 

Another example of parametric data comparing the  three types of i e n g  Systems 
i s  shown i n  Figure 42 where the ground reso lu t ion  a t t a i n a b l e  f o r  various 
concepts i s  plotted versus weight. 
po ten t i a l  growth. 
sent the theoretical. maximwn resolut ion attainable f o r  these systems. P rac t i ca l  
systems will operate at 3O$ t o  50$ of these values as represented by the shaded 
areas. 
or low resolutions and tha t  the f i l m  camera i s  lighter i n  weight f o r  resolut ions 
higher than about 30 meters. 

Beyond 300 pounds, the curves are estimates of 
The dashed l i n e s  f o r  the vidicon and e l e c t r o s t a t i c  tape repre-  

This f igure ind ica tes  tha t  the vidicon i s  l i g h t e r  i n  weight f o r  the medium 
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Figure 40: CANDIDATE PHOTOIMAGING SYSTEMS FOR THE 
VOYAGER SPACECRAFT 

67 



- . . . . .. . 
0 ::::::: 
I E i i i i i i i  
0, {i{iiii 

Q LL ::::::: ....... 

0 0  

x 
0 
C 
P) 
3 
U 
2 

LL 

k 
0 
3 
V 
c 

P, 
-0 
3 
c 
& 
.- - a 
E -  - 
Y 

8 c 

D2- 1 15002- 1 

c 

(3 
Z 
(3 
Q z 

- 

- 
W 

0 

e '  
a 
e 
e 
e 
e 
e 
e * 
e 
e 
e 
e 
e 
e 
e 
0 

e 
a 



uc 
v) 
W 

E 
Q) 

E 
U 

D2- 1 15002- 1 

E 
Y 

8 
h 

0 
0 
9 

0 
0 
v) 

8 * 

0 
0 
c3 

0 
0 
hl 

0 
0 
c 

0 

69 



D2-115002-1 

This discussion has compared the three systems on the basis of imaging system 
weight Only. 
before f i n a l  conclusions can be drawn. 
system by providing mechanisms, support structure,  control functions, and e l e c t r i c  
power. 
pe l lan t  t o  carry the added weight i n t o  orb i t .  
l a n t  f o r  each added pound of spacecraft weight. 
43. The upper l e f t  curve (43a) shows how provision requirements w i l l  vary with 
desired surface resolution. 
as a function of the  average data  re turn rate is  shown on the upper right (43b) 
of t h i s  figure. The amount of data depends upon both the system resolution and 
ground coverage . 
Combining these two curves r e s u l t s  i n  a payload versus resolut ion curve i n  the  
lower l e f t  (43c) of t h i s  f igure.  
handle the added payload r e su l t s  i n  the t o t a l  spacecraft p e m l t y  as a function Of 
surface resolution. 

The t o t a l  impact on the spacecraft  must be taken i n t o  account 
The spacecraft must support the imaging 

Any addition of w e i g h t  must also be ref lected i n  terns of increased pro- 
It takes about 1 pound of propel- 

These t rends are shown i n  Figure 

The impact on the power subsystem versus resolution 

Now, adding the  propellant (Figure 43d) t o  

The requirements for  imaging, s ta ted  earlier, were i n  terns of both ground 
coverage and surface resolution. 
f o r  the  same t o t a l  data a small area can be covered a t  high resolution, or a 
l a rge r  area can be covered a t  medium resolution. 
side of Mgure 44 were the percentage of the Martian surface covered i n  a 180- 
day o r b i t a l  mission i s  p lo t ted  versus surface resolut ion for three d i f f e ren t  data 
rates. 
t o  the left ,  it i s  seen t h a t  surface coverage goes down as data rate (and therefore  
t o t a l  data b i t s )  i s  decreased. 
planet, decreasing to ta l  data b i t s  r e s u l t s  i n  degradation i n  resolution. 
r i gh t  side of t h i s  f igure  shows how the  weight of t he  imaging system and i t s  
required support varies with resolut ion requirements. Again, various data rates 
are given as parameters. For a desired 
surface resolution of 4 meters and ground coverage of l$, a data rate of 320,000 bps 
w i l l  r e su l t  i n  a system weight of about 1200 pounds. A t  t he  s a m e  4-meters resol-  
ution, but  requiring only 0.1s coverage of the  planet,  a data rate of 50,000 bps ' 
r e s u l t s  i n  a system weight of about lo00 pounds. 

Coverage can be traded f o r  resolution, i.e., 

This i s  indicated on the l e f t  

For example, entering the  ordinate a t  10-meters resolut ion and reading 

For a constant surface coverage of 0.15 of the  
The 

The t o t a l  f igure  may be read as follows: 

Significant conclusions resu l t ing  from t h i s  task are: 

1) High resolution ( 1  t o  10 meters) 
of h r s  surface (0.1 t o  l$) and m e d i u m  resolut ion (150 t o  300 meters) coverage 
of most of the planet ' s  surface w i l l  satisfy the  current ly  understood scien- 
t i f i c  objectives. 

photoimaging coverage of a small portion 

2) The vidicon, e l ec t ros t a t i c  tape, and f i lm  camera can each satisfy the  medium 
resolution and coverage requirements. 

3) The f i l m  camera provides the highest  resolut ion of any of t h e  three systems 
and a t  the  l ea s t  impact on spacecraft weight for an orbit of 5w-b WriaPs is  
a l t i t ude .  

Based upon this  study, a vidicon system is recamuended for the 1973 and 1975 
rniesions and a large film camera system is recommended for the 1977 and 1979 m i s -  
sions 0 
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