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FOREWORD

This report was prepared by the Pratt & Whitney Aircraft Division
of United Aircraft Corporation under Contract NAS3-11190, which is spon-
sored by the NASA Lewis Research Center. The NASA project manager is
Mr. J. W. Gregory.

This is an interim report covering the results obtained under Task I

of the contract. The period of performance was 1 July to 30 September 1967.

The following personnel at the Pratt & Whitnmey Aircraft Research and
Development Center contributed to the technical effort and preparation of
the report: W. R. Kaminski, J. Neal, D. J. Stout, M. L. Johnson, D. L. Elmore,
T. M. Rhodes, J. Quinn, T. E. Bailey and J. P. Mitchell.

iii






PRECEDING PAGE BLANK NOT FILMED. Pratt & Whitney Rircraft
PWA FR-~2552

ABSTRACT

An analytical study was made to evaluate the regenerative cooling
capabilities of light hydrocarbon fuels when used with fluorinated
oxidizers. Regenerative cooling feasibility limits for methane, a
methane~ethane blend, ethane, propane, and butene-l were established
based on the thermodynamic heat capacities of the fuels and overall thrust
chamber heat transfer rates over the 1000- to 20,000-1b thrust range
and the 100- to 1000-psia chamber pressure range. Subsequently, re-
generative cooling limits for selected propellant combinations at thrust
levels of 1000, 5000, and 20,000 1lb were examined in more detail with

consideration of coolant passage design and local chamber heat fluxes.
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SECTION I
INTRODUCTION

Interest in the space storable class of propellants for application
in future planetary exploratory missions is expanding. Space storable
fuels and oxidizers are typically cryogenic with overlapping liquid ranges
and liquid temperatures sufficiently high to permit thermal equilibrium
to be established in the near-planet space environment. There are a number
of space storable propellant combinations that show promise, and NASA
has sponsored investigations of these combinations, but mostly at chamber
pressures in the range suitable for pressure-fed engine systems. Although
the exact requirements for future propulsion systems have not been com-
pletely established, it is apparent from review of possible missions that
not only high performance, but also small engine envelope dimensions will
be required in some applications., With these requirements, high chamber
pressure, pump-fed engines are most attractive and thus technology must

be developed in this area.

The light hydrocarbon fuels with either flox or OF, are the only

2
space storable propellant combinations that provide the active thrust
chamber cooling capability that is necessary for reliable operation at
high chamber pressures, and consequently these are the most promising

candidate space storable propellant combinations for many future missions.

Programs to investigate the performance and cooling capability of
the light hydrocarbon fuels with flox mixtures have been proceeding since
1964 under Contracts NAS3-4195, NAS3-6296, and NAS3-7950. Under the
first two contracts, tests were made with several of the flox/hydrocarboh
fuels at 100-psia chamber pressure and 5000-1b thrust (References 1*and
2) . Under Contract NAS3-7950, a program to demonstrate the feasibility
of a pump-fed engine system with flox and methane using modified RL1O
engines is in progress. The chamber pressure level for this latter

effort is 250 psia and the thrust level is 12,500 1b.

For future applications, chamber pressures of primary interest are
500 to 1000 psia at thrust levels in the range from 1000 to 20,000 1b.

For these conditions, regenerative cooling and performance are being

* References are given on page 111.
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investigated under this current contract, NAS3-11190. The contracted

program is to be accomplished in the following five tasks:

Task 1 - Regenerative Cooling Analysis

Task IT1 - Hardware Analysis and Design

Task I11 - Injector Development Tests

Task IV - Water-Cooled Chamber Altitude Tests

Task V - Regenerative Cooled Chamber Tests -

The first task, which is the subject of this interih report, requires

an analytical study to determine regenerative cooling limits for selected
light hydrocarbon fuels with both flox and OF,. The limits obtained in
the Task I study together with mission considerations external to the
study form the basis for selecting the design point for hardware to be

designed in Task II and tested in Tasks IIL, IV, and V.

The regenerative cooling study %as conducted in two parts. The first
part was an evaluation 0f cooling feasibility based on comparisons of
the integrated or total heat transfer to the thrust chamber and the heat
absorption capacity of the fuel. Regenerative cooling feasibility was thus
determined for five fuels with both flox and OF, over a wide range of

thrusts, chamber pressures, and design variables.

In the second part of the study (referred to as the detailed heat
transfer study) effects of local heat flux variations along the thrust
chamber and of coolant passage design were considered for two selected
oxidizer/fuel combinations at each of three thrust levels, 1000, 5000,
and 20,000 1b. A new thrust chamber concept, referred to as "Thermal

Skinyy"' was considered exclusively. Thermal Skin construction features
small, carefully controlled cooling passages that can be tailored to
provide required cooling film coefficients at all chamber locatioms.
Thermal Skin chambers have been demonstrated in combustion firing tests
with fluorine/hydrogen propellants at chamber pressures up to 820 psia
and throat heat fluxes to 32 Btu/in? sec (see Appendix A), a level
greater than the computed throat heat fluxes for any of the flox/light

hydrocarbon fuels at 1000-psia chamber pressure.
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In both parts of the study, experimental heat transfer results
obtained in previous combustion firing tests with the flox/light hydro-
carbon propellant combinations were factored into the analysis, Specif-
ically, the combustion-side film coefficients were reduced by a measured-
to-predicted heat transfer rate ratio (Qm/Qp) based on available test -

data to account for effects of carbon deposition on chamber walls.

The results of the feasibility analysis and the detailed heat transfer
study are reported separately in Sections IV and V. The results of cycle
studies that were conducted concurrently with and in support of the heat
transfer study are presented in Section VI. A report summary is presented in

Section II and the conclusions and recommendation are given in Section III.
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SECTION II
SUMMARY

The objective of the heat transfer studies described in this interim
report was to define the regenerative cooling capabilities and limits for
light hydrocarbon fuels with fluorinated oxidizers over a range of chambéer
pressures from 100 to 1000 psia and at thrust levels from 1000 to 20,000 1b.
Although the study was analytical, results obtained in previous NASA-
sponsored experimental programs were factored into the analysis. Spe-
cifically, the theoretical predicted heat flux values were adjusted by
an experimentally determined factor, Qm/Qp’ to account for the heat re=-

duction due to carbon deposition on the chamber walls,

The study was conducted in two parts. In the first part, the feasi-
bility of regenerative cooling for wide ranges of conditions was in-
vestigated for five fuels and two oxidizers. Limits were established
by comparing computed thrust chamber heat transfer rates to the allowable
fuel heat absorption capability. In the second part of the study, coolant
passage design was analyzed in detail for a selected number of cases so
that the effects of local heat fluxes could be studied and practical limita-

tions on thrust chamber regenerative cooling could be obtained.

The fuels and variables considered in the feasibility part of the study
were as follows:

Fuels: Methane, 55% Methane - 45% Ethane, Ethane, Propane, and

Butene=-1

Oxidizers: Flox (Optimum Mixture) and OF2

Chamber Pressure Range: 100 to 1000 psia

Thrust Range: 1000, 2500, 5000, 10,000, and 20,000 1b

Mixture Ratio Range: 70% to 100% of Optimum

Contraction Ratio Range: 2, 3, and 4

Chamber Characteristic Length (L*):' 30 in.

c* Efficiency: 96% of Theoretical Shifting Equilibrium

Nozzle Expansion Ratios: 40, 60, and 100

Wall Temperatures (Combustion Side): 1700°, 2100°, and 3200°F
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individual treatment of each of the 27,000 cases, which combinations of
the variables in the preceding table could produce, was not considered
practicable. However, by grouping the variables according to their
relative effects on heat transfer to the thrust chamber, it was possible
to summarize in six sets of parametric curves all the heat transfer data
necessary to determine the enthalpy rise of the regenerative coolant

for any combination. These six curves plus the temperature-enthalpy
diagrams for each of the fuels were used to establish regenerative cooling
limits. They also provide a set of curves that can be used by the

reader to compute the coolant outlet temperature and state point for any

particular case (see Section IV).

At supercritical coolant pressures, regenerative cooling limits were
set by upper coolant temperature limits established for the respective
fuels based on considerations of (1) fuel thermal decomposition (cracking)
and (2) allowable operating temperatures for engine components downstream
of the jacket (e.g. the chamber coolant exit manifold and the injector)
which are in contact with the hot coolant. At subceritical coolant pres-

sures, bulk boiling considerations established the regenerative cooling limits.

The feasibility study results indicated that if the heat reduction
due to carbon deposition on the chamber walls is as great as observed in
previous experimental testing, all the fuels evaluated have adequately
high heat capacities for application as regenerative coolants at all thrust
levels from 1000 to 20,000-1b, if design variables are properly selected.
At supercritical coolant pressures, cooling limits were less than 1000 psia
only at the lowest thrust levels, 1000 and 2500 1b, and then only with the
combination of conditions that yield the highest coolant enthalpy rise
(i.e. for € = 2, €, = 100, TW = 1700°F and r = optimum). At subcritical
pressures, only butene-l can be used at all thrust levels (1000 to

20,000 1b) without encountering bulk boiling.

The values of'Qm/Qp used in the study were averages, establishment
of which was based on experimental data obtained in combustion
firing tests. The data indicate that Qm/Qp is primarily a function
of the fuel hydrogen-to-carbon atomic ratio, being greatest (i.e.,
having the least reduction) for methane, and lowest for butene-l. Both

the relative and absolute effects of the values used are significant.

6
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Computations made with Qm/Qp = 1.0 showed completely different trends,
i.e., whereas methane had shown more restricted upper limits with the
average values, the greatest restriction was on butene-l1 when no reduc-
tion due to carbon formation was assumed. On an absolute basis, using

the example of flox/methane for 2000 1b thrust, ec =2, ée =k100, and

Iw = 2100°F, a chamber pressure limit of 915 psia was found with Qm/Q
equal to the average value of 0.765; the corresponding limit for Qm/Qp =1

was 425 psia.

In the detailed heat transfer study, regenerative cooling limits were
investigated for two oxidizer/fuel combinations at each of three thrust

levels as indicated below:

1000 1b 5000 1b 20,000 1b

Flox/Methane Flox/Methane Flox/Methane
0F2/Butene-1 OF2/55% Methane- OF2/Propane

45% Ethane

In addition, the effects of operating thrust chambers designed for
8000-1b thrust at 500 psia chamber pressure at off-design chamber pres-
sures were evaluated for three oxidizer/fuel combinations: flox/methane,

OF9/55% methane - 45% ethane, and OFy/propane.

For the study of chamber pressure cooling limits at the 1000-, 5000-,
and 20,000-1b thrust levels, the primary variables for evaluation were
expansion ratio and mixture ratio, as well as the thrust chamber wall
material. Contraction ratio ( ec), the coolant jacket inlet pressure-
to-chamber pressure ratio (Pin/Pc)’ and the factor Qm/QP were assumed
constant for most of the study. Average experimentally determined
values of Qm/Qp were used for the particular fuels; Pin/Pc ratios were
established for the respective propellant combinations based on engine
cycle considerations ; and a contraction ratio of 4 was selected based
on injector considerations that indicated that for chamber pressures of
primary interest (500 to 1000 psia) contraction ratios of at least 4
will be required to keep the injector thrust per element size in a range
conducive to high performance. A limited number of calculations was
made at the 5000-1b thrust level to investigate the effects of changes
in the assumed values for these parameters; these results are presented

in Section V.
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Thermal Skin thrust chamber design,which utilizes bonded sandwich
plates with preformed internal cooling passages, formed into thrust
chamber contours, was considered exclusively in the detailed heat trans~
fer study. Because the passages are created by a photochemical mill-
ing process, great latitude in design is possible, and chamber pressure
levels at which regenerativé cooling can be employed are maximized. Counter=-
flow cooling was used at all thrust levels because it provides larger

coolant passages than parallel flow.

The regenerative cooling limits were dictated, based on the following .
considerations:
1. Film boiling caused by either bulk boiling or high heat

fluxes that exceed the upper limit heat flux for transi-
tion from nucleate to film boiling

2. Coolant temperatures in excess of structural-based
limits

3. Thermal decomposition of the coolant because of high
coolant-side wall temperatures

4. Pressure drop through the coolant passages

Feasibility of fabricating the required coolant dimensions.

Considerations 2 through 5 are applicable to supercritical coolant pressures-

at upper chamber pressure limits.

1t was found that the limits defined in the detailed heat transfer study
(which are associated with local heat flux conditions and coolant passage
design and set by a coolant pressure drop limit of one-~half of chamber
pressure) are lower than those determined in the feasibility study (and
which are related only to coolant heat capacity). Table I summarizes the
upper regenerative cooling limité obtained in the detailed study. In all
instances in which the cooling limit is less than 1000 psia, the coolant pres-
sure drop was the limiting criterion. ©Note in table I that the cooling limits
for OF2/butene-l at 1000-1b thrust and for OFz/propane at 20,000-1b thrust
are above 1000 psia. At the 5000-1b thrust level with OF2/55% methane -~
45% ethane, the cooling limits are above 1000 psia for all thrust chamber
materials except 347 stainless steel. Flox/methane, which was evaluated at
all three thrust levels, was found to have cooling limits typically lower
than those for the other propellants. Cooling to 1000 psia chaﬁber pressure
was indicated as possible only at the 5000- and 20,000-1b thrust levels and
then only when nickel or a thermal barrier coating operating at 3200°F

{not included in table I) is used. The primary reason for this result is

8
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that the factor Qm/Qp is higher for methane than for the other fuels. Also,
however, methane has a lower density than the other fuels and thus higher
velocities (with their inherently higher coolant pressure drops) are

required to cool at any given heat flux level.

Because the Thermal Skin design takes advantage of conduction in
chamber walls around the coolant passages, the cooling limits are more
sensitive to changes in wall materials than to changes in thrust, mixture
ratio, or expansion ratio. Increases in chamber pressure cooling limits
over those for stainless steel were indicated for Haynes 25 alloy operating
at a high wall temperature (2100°F as compared to 1700°F) because total
heat flux is reduced, but greater gains over stainless steel were shown
when nickel (which has a higher thermal conductivity) was used and the

wall temperature, and therefore heat flux, was unchanged.

The lower chamber pressure limits were found to depend primarily
on the liquid-phase heat capacities of the individual fuels. Methane
and the 55% methane - 457% ethane blend have low liquid-phase heat capacities
and thus to avoid bulk boiling their use at all thrust levels is restricted
to supercritical coolant pressures (jacket discharge pressures of 673 and
976 psia, respectively, which correspond to chamber pressures of approxi-
mately 233 and 330 psia for turbo-expander cycles). Propane and butene-1,
on the other hand, have large. liquid-phase heat capacities and therefore can
be used as subcritical coolants at low chamber pressures as long as local
heat fluxes are lower than the upper-limit heat_flux for nucleate boiling.
For example, at 1000-1b thrust, the heat flux limit for butene-1l occurs at
approximately 260 psia chamber pressure, and for propane at 20,000 1b

thrust, the chamber pressure limit is approximately 140 psia.

At the 8000-1b thrust level, where off-design chamber pressure operation
was evaluated, results indicate that the coolant passages should be de-
signed for the highest chamber pressure level in the operating range if

permissible combustion-side wall temperatures are not to be exceeded.

Engine cycle studies were accomplished concurrently with the detailed
heat transfer study. The chamber pressure cycle limits for both the
turbo-expander and the gas generator cycles were determined for the 5000-1b

thrust level, which was of interest for subsequent hardware design. The
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propellant combinations, flox/methane, OF2/55% methane = 457% ethane,
OFz/propane and OFz/methane were considered in the study. The results
indicate that, for chamber pressures up to 700 to 800 psia, regardless

of the Qm/Qp ratio considered, the flox/methane expander cycle has the
highest theoretical specific impulse. Based on these results, flox/methane
has been recommended as the propellant combination for evaluation in the

experimental phases of the contract.

10
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SECTION III
CONCLUSIONS AND RECOMMENDATION

CONCLUSIONS

The following conclusions were made:

1.

If the heat reduction due to carbon deposition on the chamber
walls is as significant as that observed in previous flox/
light hydrocarbon combustion tests, all the fuels evaluated
(methane, 55% methane - 45% ethane, ethane, propane, and
butene-1) have adequately high heat capacity for application
as regenergtive coolants at most conditions evaluated and

at all thrust levels from 1000 to 20,000 1b.

The regenerative cooling limits for any of the light hydro-
carbon fuels considered are essentially the same with either

flox or OF2 oxidizers.

Thermal Skin chambers can be cooled at higher chamber pressures
than tubular wall chambers. Furthermore, nickel 200 oper-
ating at a wall temperature of 1700°F is an attractive

material for application in Thermal Skin chambers; it pro-
vided higher regenerative cooling chamber pressure limits

than either 347 stainless steel at a comparable wall tem-
perature or Haynes 25 at 2100°F wall temperature.

Although the fuels have adequate heat capacity for regen-
erative cooling at chamber pressures to 1000 psia at the
thrust levels considered, practical limits for thrust
chamber design, and particularly coolant jacket pressure
drop, restrict agpplication to lower levels. However,
operation of practical chambers at high pressures (between
700 and 1000 psia) is possible for the light hydrocarbon
fuels.

The limits on maximum chamber pressure imposed by coolant
pressure drop considerations occur at lower levels with
methane than with most of the other fuels because the

heat reduction due to carbon deposition is less (Qm/Q is
higher) and also because methane is less dense and therefore
higher velocities and thus higher pressure drops are re-
quired for cooling a given heat load.

For flox/methane, regenerative cooling limits increase with
decreasing expansion ratio and mixture ratio. With OF2/55%
methane - 45% ethane, the cooling limits decrease with de-
creases in €, (because the coolant reaches the throat region
in the compressed liquid state) and mixture ratio (because the
throat heat flux increases with decreasing mixture ratio).

13
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7. Heat transfer reduction due to carbon deposition has a
significant effect on the regenerative cooling chamber
pressure limits. For example, at the 5000-1b thrust
level and for flox/methane, the limits decreased approx-
imately 500 psia by increasing Q,/Q, from its so-called
average value (0.765) to 1.0 (no heat reduction due to
carbon deposition on the chamber walls).

8. The regenerative cooling chamber pressure limits increase
significantly with increasing chamber contraction ratio
and decreasing chamber length.

9. By optimization of the coolant passage design so that the .
wall temperature is constant throughout the thrust chamber -
(i.e., by elimination of overcooled regions where coolant
passages are smaller than required) regenerative cooling
could be extended to levels above the limits given in the
study. 1In one sample case for flox/methane at 5000-1b
thrust, use of a constant wall temperature in the com=~
bustion chamber produced an increase in maximum chamber
pressure from 989 to 1190 psia.

10. If thrust chambers are to be operated at off-design chamber
pressures, the coolant passages should be designed for the
highest chamber pressure, i.e., the highest heat flux level.

11. The lower chamber pressure limits, which are set by boiling
consideration, depend on the liquid-phase heat capacities
of the individual fuels. Methane and the 55% methane - 45%
ethane have low liquid-phase heat capacities and thus their
use is restricted to supercritical pressures. Propane and
butene-1, on the other hand, have large 1liquid phase heat
capacities and therefore can be used as subcritical cool-
ants at chamber pressure where local heat fluxes in the
chamber are lower than the upper-limit heat flux for nu-
cleate boiling.

B. RECOMMENDATION

Flox/methane is recommended for evaluation in subsequent hardware phases

of the contract. The detailed study of upper chamber pressure cooling limits
indicated that flox/methane was more restricted than other fuels. However,
flox/methane provides higher theoretical specific impulse than the other
fluorinated oxidizer/light hydrocarbon fuel combinations, and methane is

the best working fluid for use in turbo-expander engine cycles, which are
capable of higher ideal performance than gas generator engines. The

chamber pressure cooling limitation with flox/methane is not significant,

and levels can be increased over those indicated in the study by thrust

chamber coolant passage design optimization.

14
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SECTION IV
FEASIBILITY STUDY

A. APPROACH
1. General

The objective of the feasibility study was to determine, for the
fluorinated-oxidizer/light-hydrocarbon-fuel propellant combinations,
the areas in which the fuels have adequate heat capacity for application
as regenerative coolants. In the study, the heat flux values were in-
tegrated over the thrust chamber length and the integrated (or total)
heat transfer rate was divided by the coolant flow rate to determine
the coolant enthalpy rise. The enthalpy rise, in turn, was used to
establish the coolant exit temperature, which was compared to established

limits to ascertain regenerative cooling feasibility.

The fuels and parameters considered are given in table II. 1In
addition to the fuel and oxidizer, eight other parameters were speci-
fied. Furthermore there were three additional parameters for which
assumptions were necessary before regenerative cooling limits could
be determined. These were (1) coolant inlet temperature, (2) coolant
pressure at the outlet of the heat exchanger,and (3) heat transfer

reduction due to carbon deposition on the wall.

Table II. Ranges of Operating Variables

Fuel Methane, Ethane, 45% Ethane -
55% Methane Blend, Propane, and
Butene~1

Oxidizer Flox (optimum mixture), and
OF

2

Chamber Pressure 100, 250, 500, 750, and 1000
psia

Vacuum Thrust 1000, 2500, 5000, 10,000, and
20,000 lbf

c* Efficiency 96% of theoretical shifting
equilibrium

Mixture Ratio 70%, 80%, 90% and 100% of
optimum

Contraction Ratio 2:1, 3:1, and 4:1

Chamber Characteristic Length 30 in.

Nozzle Area Ratio (Regenerative Cooled 40:1, 60:1, and 100:1

Portion)
Gas-Side Wall Temperature 1700°F, 2100°F, and 3200°F

15
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2. Assumptions

The coolant inlet temperature was assumed to be 10°R above the
fuel's normal freezing point. It was not necessary to specify the
coolant inlet pressure because fuel enthalpy at low temperatures is mnot

a strong function of pressure.

Coolant 6ut1et pressure was required to determine the coolant outlet
state and thus to test for bulk boiling. For the feasibility effort,
the coolant outlet pressure/chamber pressure ratio (Pout/Pc) was assumed
to be 2. With this value, all the fuels were at subcritical pressures
at the 100 and 250 psia chamber pressure levels. The effect of assuming

different values for Pout/Pc was evaluated on a limited basis.

To account for heat transfer reduction caused by carbon deposition
on thrust chamber walls, theoretical heat flux predictions were altered
based upon experimental results obtained in previous flox/light hydro-
carbon programs. In firing tests with methane, propane, and butene-l
with flox, dramatic differences in thrust chamber heat transfer from
those predicted have been consistently observed, and have been attributed
to carbon deposition on the chamber walls. The effect of the carbon
layer cannot be treated rigorously as an insulation phenomenon. There
is not sufficient background to permit identification of the particular
carbon composition that can be expected; therefore thermal conductivity,
which varies widely for carbon, is not known. However, the effect can
be accounted for by adjusting the gas~side film coefficient by the
measured-to-predicted heat transfer ratio (Qm/Qp), the establishment

of which is based on experimental data (see Appendix B).

Tests at 100 psia chamber pressure indicate that although the Qm/Qp
ratio varies with injector design, it is a strong function of the fuel's
hydrogen=-to-carbon atomic ratio, as shown in figure 1. Fuels such as
butene-1l and propane, which have low hydrogen-to-carbon atomic ratios,
have large heat reductions due to carbon deposition on the chamber walls
and thus low values of the Qm/Qp ratio. With methane, which has a
higher hydrogen-to-carbon atomic ratio, the heat reduction was not as
appreciable and therefore Qm/Qp is higher. For the studies reported
herein, establishment of the average Qm/Qp values for methane, propane,
and butene-1 were based on previous test data. Values for ethane and the

55% methane = 45% ethane blend were obtained by assuming that Qm/Qp is a

16
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linear function of the fuel hydrogen-to-carbom atomic ratio (H/C). The

values for Qm/Qp used as averages in this report are:

Fuel H/C Qm/Qp

Methane ZTE 0.765

55% Methane = 45% Ethane 3.54 0.645

Ethane 3.0 0.505

Propane 2.67 0.420

Butene~1 2.0 0.255
1.00

Average
° Limits of Qp, /Qp Experimental
5 Values
2
®
2 0.50
g Average
2 Methane 40 0765
2 55% Methane- 3.54  0.645
OE 45% Ethane
Ethane 3.00 0.505
Propane 267 0.420
Butene-1 . 2.00 0.255
0
2.0 2.5 3.0 3.5 4.0

FUEL HYDROGEN/CARBON ATOMIC RATIO

Figure 1. Effect of Fuel Hydrogen-To-Carbon Ratio GS 7015B
on Total Engine Heat Transfer
To illustrate the effect of the Qm/Qp assumption on the results,
limits were determined for the instance of no heat reduction (i.e.,

Qm/Qp = 1) for a few selected conditions.

3. Analysis

The number of possible combinations of the variables and propellants
listed in table II is 27,000. Because the direct calculation of total
heat transfer for each combination considered separately would have
resulted in an excessive expenditure of engineéring manpower and com-
puter occupancy, a parametric approach was followed in the feasibility
study. The approach was based upon separation of chamber and nozzle
heat transfer (to account for contraction and expansion ratio effects),

17



Pratt & Whitney Rircraft

PWA FR-2552
and use of a baseline enthalpy rise to which adjustments for chamber
pressure, wall temperature, fuel, and oxidizer variations could be made,
This technique permitted development of the six sets of parametric curves
shown in figures 2 through 7, which permit the determination of the coolant

enthalpy rise for any combination of the variables.

Figure 2. Variation in Combustion Chamber Fuel DF 58062
Enthalpy Rise With Thrust and Chamber
Contraction Ratio

L
.

Figure 3. Variation in Nozzle Fuel Enthalpy Rise DF 58063
With Thrust and Nozzle Expansion Ratio

18
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Figure 4. Variation of Wall Temperature Correction DF 58064
Factor With Chamber Pressure for Chamber
Fuel Enthalpy Rise

Figure 5. Variation of Wall Temperature Correc- DF 58065
tion Factor With Chamber Pressure for
Nozzle Fuel Enthalpy Rise

19
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Development of these parametric curves is discussed in Appendix D.

The significance of each of the curves is as follows:

1. Figure 2 presents coolant enthalpy rise (AH}) for the
combustion chamber as a function of thrust and contraction
ratio for flox/methane at a mixture ratio of 5.75, a

chamber pressure of 250 psia and a wall temperature of
2100°F.

2. Figure 3 shows the variation of the enthalpy rise Q&Hé)
in the nozzle portion of the thrust chamber, for the
same set of conditions as those for figure 2, as a
function of thrust and expansion ratio,

3. Figure 4 provides an adjustment factor (AH./AHQ) for the
enthalpy rise in the combustion chamber for changes
in chamber pressure and wall temperature from the base-
line values of 250 psia and 2100°F, respectively.,

4. Figure 5 1s a companion of figure 4; it provides an
adjustment factor (AHg/AHE) for the nozzle enthalpy rise
for changes in chamber pressure and wall temperature from
the baseline values.

5. Figure 6 provides a factor for adjustment of the total
chamber enthalpy rise (determined by use of the first
four figures) for fuel type and mixture ratio when flox
is the oxidizer.

6. Figure 7 provides an adjustment factor to be used when
OF, is the oxidizer.

These six parametric curves used with the temperature-enthalpy dia-
grams for each fuel (figures 8 through 12) form a consistent set of
curves that can be used to determine the coolant outlet temperature and
state point for a given set of conditions. The procedure for using the
curves is illustrated in figure 13 and by the following sample calcu-

lation:
Problem

Determine the coolant jacket outlet temperature for the following

conditions:

OFz/propane

F = 5000 1b
€ =3

c

€ = 60

e

Pc = 500 psia
T = 2100°F
w

r = 4.74 (optimum)
out/Pc =2
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Solution

From the parametric curves obtain:

AH& = 260 from figure 2 for F = 5000 1b and €, = 3

AH, = 212 from figure 3 for F = 5000 1b and €, = 60
AH_/AH! = 1.34 from figure 4 for P, = 500 psia and T, = 2100°F
AH_/AH! = 1.015 from figure 5 for P, = 500 psia and T, = 2100°F
AH/AH' = 0.415 from figure 7 for propane and optimum mixture

ratio,

Compute: :
Hc He AH
. o . Vo— = =
AH AHC :Hé + AHe :Hé Nl [563] 0.415 233 Btu/1lb

With this enthalpy rise value used directly in figure 11 (note that

the enthalpy of the fuels was set equal to zero at the coolant inlet
temperature of 10°R above the normal freezing point) 580°R is obtained.
This 1is the.coolant outlet temperature for the average Qm/Qp for propane
(i.e., for Qm/Qp = 9.420). The enthalpy rise can be computed for any
value of Qm/QP by dividing the enthalpy rise obtained by 0.420 and
multiplying by the new value. As an example, for no heat reduction.

(i.e., for Qm/Qp = 1.0) the enthalpy rise would be

233 _
AH = 5=0 x 1.0 = 555 Btu/lb_

With this value for enthalpy rise and since for Pout/Pc = 2 the coolant
outlet pressure is 1000 psia (or 68 atm), the coolant outlet temperature
can be determined from figure 11 to be 965°R. Comparison of this value
to 580°R, which was obtained for the average Qm/Qp value of 0.420,
illustrates the significant effect of the carbon deposition on the

chamber walls.
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F ' .
€ }AHC (Figure 2) —

—AH, (Figure 4)
Tw

Pe

. AH' = AHc+AHeq
c JAH, (Figure 3) —

AH, (Figure 5)
Tw FAH -
P

(Either Figure
Oxidizer 6 or 7)

Fuel
r

Figure 13. Determination of Enthalpy Rise FD 23278
From Basic Curves
Following the procedure cited in the above example, ten typical
curves were constructed, which define the fuel coolant outlet state
as a function of chamber pressure and thrust for optimum and 70% optimum
mixture ratios. Figures 14 through 18 present the coolant outlet con-
ditions for each of the five fuels of table I1 with flox as the oxidizer;
figures 19 through 23 are companion curves for OFy. All these curves

are for the midrange value of the other parameters, i.e.:

T = 2100°F
w
€ = 60
e
ec = 3.0
Qm/Qp = avg.
/P = 2.0
out ¢
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For a given propellant combination, chamber pressure, thrust, and
mixture ratio, figures 14 through 23 can be used to estimate the fuel
coolant outlet state (gas, liquid, or two-phase), pressure, and tem-
perature. For mixture ratios between the optimum and 70% optimum,
coolant outlet conditions can be estimated by interpolation be tween
the conditions for optimum and 70% optimum. The two-phase dome region
for the majority of the fuels was included for rapid identification of
the fluid outlet state. For flox/methane (figure 14), the dome region
falls within the limits of the graph for 70% optimum mixture ratio but
not in the graph for optimum mixture ratio; thus the coolant is in the
gaseous state at all conditions. Butene-1l is in the liquid state at
all thrust levels and chamber pressures with both flox and OF, (see

figures 18 and 23).
B. REGENERATIVE COOLING LIMITS
1. Limit Criteria

For a given set of conditions, the criteria that set the regenerative
cooling limits are dependent on coolant pressure, and specifically on

whether the coolant pressure level is above or below critical pressure.

At supercritical pressures, considerations of (1) fuel thermal
decomposition (cracking) and (2) allowable operating temperature limits
for engine structural components in contact with the hot coolant es-
tablished the high coolant temperature limits that are given in table ILL.
These temperature limits, in turn, wére used to establish regenerative

cooling limits.

Table III. High Coolant Temperature Limits

Fuel Temperature, °R Limiting Criterion
Methane 1760 Structural Temperature
55% Methane = 1715 Thermal Decomposition
45% Ethane
Ethane 1400 Thermal Decomposition

, Propane 1320 Thermal Decomposition
Butene-1 1160 Thermal Decomposition
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Selection of the structural temperature limit of 1760°R was based
on past experience. This limit is approximately the maximum temperature
at which engine components such as the injector, the chamber coolant
exit manifold, and plumbing (which are in contact with the hot coolant)

can operate and still have acceptable life.

All the fuels with the exception of methane exhibit thermal decom~-
position at temperatures below 1760°R. As the fuel decomposes, carbon
and tar would deposit on the coolant passage walls causing a decrease
in heat transfer and an increase in wall temperature. If the deposition
were allowed to continue over a period of time, wall failure could
eventually occur. Although the tolerable level of carbon formation is
not known for a rocket engine coolant passage, it is desirable to keep
the coolant temperature at a conservatively low level so that passage
fouling will not be a problem. Consequently, the incipient thermal
decomposition temperature (see Appendix C) based upon a 1% decomposition

rate per hour was used in the study.

At low chamber pressures, where the pressure in the thrust chamber
cooling jacket is below critical pressure, boiling was the criterion
that limited regenerative operation. Because the cooling passage de-
sign was not considered in the feasibility study, local chamber heat
fluxes could not be compared to the upper limit heat flux for transition
from nucleate to film boiling. As a result, film boiling was assumed
to correspond to the inception of bulk boiling, i.e., to the point at
which there is net vapor generation. The saturation state thus defined
the maximum allowable coolant jacket discharge condition for the
boiling criterion. Based on previous experimental work, which indicates
that nucleate boiling cannot be sustained for qualities greater than
20 to 30% without having the process proceed into the film boiling
regime, the assumption that film and bulk boiling are coincident is
considered to be valid. Actually, film and bulk boiling could be
tolerated in the low heat flux regions of the nozzle., Furthermore, a
chamber could conceivably be designed in which the coolant is completely
vaporized in the nozzle and reaches the high heat flux region near the
throat in a gaseous state. Based on this possibility, the cooling limits

obtained for the subcritical coolant pressures are somewhat conservative.
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2. Regenerative Cooling Limits for Supercritical Coolant Pressures

Six variables plus the two oxidizers and five fuels were considered
in the study. Regenerative cooling limits were established in terms of cham-
ber pressure for a given set of conditions, i.e., for a selected oxidizer/
fuel combination and for selected values of the remaining five variables.
Thus, the limits indicate the maximum level of chamber pressure at

which regenerative cooling is feasible for a given set of conditions.

Although there are several thousand sets of conditions or combinations
of the variables that could be considered, there is one combination of
variables that provides maximum coolant temperature rise. This set of
conditions thus provides the lowest chamber pressure cooling limits.
Regardless. of thrust level or propellant combination, maximum coolant
temperature rise occurs when (1) contraction ratio is minimum (ec = 2),

(2) expansion ratio is maximum (fe = 100), (3) wall temperature is
minimum (TW = 1700°F) and (4) mixture ratio is at the optimum value.
The chamber pressure cooling limits for the maximum-coolant-temperature-rise
set of conditions are tabulated in table IV. Note that although this is
the severest set of conditions, all the fuels have sufficient heat capacity
for regenerative cooling at chamber pressures above 1000 psia for all but
the 2500-1b and 1000-1b thrust levels. At 2500-1b thrust, all fuels
except methane have the capacity for cooling to chamber pressures
above 1000 psia.
Table IV. Feasibility Study Results - Minimum Chamber Pressure
- Regenerative Cooling Limits for Supercritical Coolant

Pressures
Tw = 1700°F, € - 100, € = 2.0, r = 100% Optimum, Qm/QP = Average

Propellants Thrust Level - 1b

Fuel Oxidizer 1000 2500 5000 10,000 20,000
Methane Flox 270* 970 >1000 > 1000 >1000
OF2 390 >1000 >1000 >1000 >1000
55% Methane+ Flox 430 >1000 >1000 >1000 >1000
45% Ethane OF, 490 >1000 >1000 > 1000 >1000
Ethane Flox 440 >1000 >1000 >1000 >1000
OF2 460 >1000 >1000 >1000 >1000

Propane Flox 660 >1000 >1000 >1000 >1000 |
OF2 685 >1000 >1000 >1000 >1000
Butene-1 Flox >1000 >1000 >1000 >1000 >1000
OF2 >1000 >1000 >1000 >1000 >1000

#Chamber Pressure Limits in psia,
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Regenerative cooling could be extended beyond the chamber pressure
limits given in table IV by changing any of the parameters to another
value within the range considered in the study. For example, changing
only the contraction ratio (from 2 to 4) decreases the heat transfer
to the thrust chamber so drastically that there are no cooling limits
below 1000 psia chamber pressure at any thrust level (table V).

Table V. Feasibility Study Results - Chamber Pressure Regenerative .
Cooling Limits for Supercritical Coolant Pressures

Tw = 1700°F, €~ 100, € = 4.0, r = 100% Optimum, Qm/Qp = Average

Propellants Thrust Level - lb

Fuel Oxidizer 1000 2500 5000 10,000 20,000
Methane Flox >1000% . >1000 >1000 >1000 >1000
0]5‘2 >1000 >1000 >1000 >1000 >1000

55% Methane Flox >1000 >1000 >1000 >1000 >1000
457 Ethane OF2 >1000 >1000 >1000 >1000 >1000
Ethane Flox >1000 >1000 >1000 >1000 >1000
O}?‘2 >1000 >1000 >1000 >1000 >1000

Propane Flox >1000 >1.000 >1000 >1000 >1000
OF2 >1000 >1000 >1000 >1000 >1000

Butene~-1 Flox >1000 >1000 >1000 >1000 >1000
OF2 >1000 >1000 >1000 >1000 >1000

*Chamber Pressure Limits in psia.

The effects of changes in contraction ratio, expansion ratio, wall
temperature, and mixture ratio on the cooling limits with flox/methane
at the 1000-1b thrust level are shown in figures 24 through 27. The
chamber pressure cooling limits are raised when contraction ratio and
wall temperature are increased and when expansion ratio is decreased,
These changes have the effect of reducing total heat transfer. Decreases
in mixture ratio do not necessarily reduce heat transfer, but permit
cooling at higher chamber pressures because fuel flow is increased, and
thus the fuel coolant temperature rise for a given chamber heat load

is reduced.
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The chamber pressure cooling limits for the five fuels considered
(at the optimum flox mixture ratios) are plotted versus thrust in
figure 28 for T, = 2100°F, €, = 2, and €, = 100. A curve for butene-l
is not included in the illustration because under these conditions
cooling is possible at chamber pressures above 1000 psia at all thrust
levels with that fuel. The maximum chamber pressures attainable with
methane are lower than those for the other fuels primarily because
the average Qm/Qp ratio indicated for methane in experimental tests
is higher than the Qm/Qp ratios for other fuels. The effect of Qm/Qp
on chamber pressure limits was assessed at the optimum flox mixture
ratio, and for the same set of conditions (TW = 2100°F, fc = 2, and
ee = 100) by assuming that Qm/Qp was 1.0 for all fuels (i.e. no heat
reduction because of carbon deposition on the chamber walls). The
resulting chamber pressure cooling limits are shown in figure 29. Note
that the order of the curves is completely reversed from that obtained
with the average Qm/Qp values, The highest chamber pressure limit is

now shown for methane and the lowest for butene-l.

Figure 28. Feasibility Study Results - Chamber DF 60107
Pressure Regenerative Cooling Limits
as a Function of Thrust for

Qm/Qp = Average
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25

Figure. 29. Feasibility Study Results - Chamber DF 60108
Pressure Regenerative Cooling Limits
as a Function of Thrust for Qm/Qp = 1.0

3. Regenerative Cooling Limits for Suberitical Pressures

Regenerative cooling for subcritical pressures was also investigated
for the combination of parameters that gives the highest coolant tem-
perature rise (i.e., for €. = 2, €, = 100, T, = 1700°F, and optimum
mixture ratio). The area iﬁ which regenerative cooling is possible
at these severe conditions is indicated by the shaded blocks in table VI.
Note that only butene-l can be used as a subcritical coolant at all

thrust levels.

Figures 30 and 31 are graphic presentations of subcritical cooling
limits for the highest~coolant~temperature-rise condition for flox
and OF,, respectively. Regenerative cooling is feasible at thrust
levels to the right of the constant mixture ratio curves. Decreasing
mixture ratio has the effect of reducing the lower thrust limits for

the same reason as in the supercritical case: increased coolant flow.
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Subcritical regenerative cooling could be extended beyond the limits
shown in the same manner as that demonstrated for supercritical cooling
by selecting values for the parameters that reduce the thrust chamber
heat load and thus provide a lower coolant temperature rise. The coolant
temperature rise will be lowest with the highest contraction ratio (4),
lowest expansion ratio (40), highest wall temperature (3200°F), and
lowest mixture ratio (70% optimum). With this set of conditions, ethane,
propane, and butene-l can be used at all thrust levels as subcritical
regenerative coolants, as shown by the shaded blocks in table VIL.
Methane and the methane-ethane blend are not well suited for low chamber

pressure operation because of their limited liquid range.

The foregoing results indicate that butene-1 and propane, which have
the highest critical temperatures and thus the highest liquid phase
heat capacities, are the best subcritical coolants. However, these
fuels also have the lowest Qm/Qp factors. Table VIII shows the effects
of nullifying the assumed Qm/Qp values, by assuming no heat reduction due
to carbon deposition on the chamber walls at the lowest coolant temperature
rise condition (T = 3200°F, €, = 4.0, €, = 40, and r = 70% of optimum).
The shaded areas in which regenerative cooling is feasible are reduced
significantly but this does not alter the conclusion that butene-l and
propane are the best subcritical coolants.

Table VI. Feasibility Study Results - Minimum Regenerative
Cooling Limits for Subcritical Coolant Pressures

Tw = 1700°F, éc = 2.0, €, = 100, r - Optimum, Qm/Qp = Average,

Pout/Pc = 2.0

Propellants Thrust Level - 1b
1000 2500 50600 10,000 20,000
Fuel Oxidizer Chamﬂer Pressurei-psia
100 | 250 | 100 | 250 } 100 | 250 | 100 { 250 | 100 | 250
Methane Elex
OF

2

55% Methane | Flox
45% Ethane

== -
oF ) ///////////A///%/
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Table VIL. Feasibility Study Results - Chamber
Pressure Regenerative Cooling Limits for Sub-
Critical Coolant Pressures

Tw = 3200°F, €, = 40, € = 4.0, T = 70% Optimum, Qm/Qp = Average

P /P =2.0
out ¢
Propellants Thrust Level - 1b
1000 2500 5000 10,000 . 20,000
Fuel Oxidizer Chamber Preggure - psia
100 | 250 | 100 | 250 | 100 } 250 | 100 | 250 | 100 | 250

Flox
OF2
55% Methane | Flox
45% Ethane oF

2
Flox
OF2
Flox
OF2
Flox

OF2

Methane

Ethane

Propane Regenerative Cooling Permissible

Butene-1

Table VIIL. Feasibility Study Results - Regenerative
Cooling Limits for Subcritical Coolant
Pressures

€ =4, € =40, T, = 3200, r = 70% Optimum, Qm/Qp = 1.0
P /P =2.0
out ¢

Propellants Thrust Level - 1b
1000 2500 5000 10,000 - 20,000
Fuel Oxidizer Chamber Pre;sure - psia
100 | 250 { 100 | 250 | 100 } 250 | 100 | 250 | 100 | 250
Methane Flox
OF2

55% Methane | Flox
457% Ethane oF

2
Flox
OF2
Flox
0F2
Flox

OF2

Ethane

Propane

Regenerative Cooling Permissible
Butene-1
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¢. Summary of Results

Based on the limits determined in the feasibility study it can be
concluded that, if the heat reduction due to carbon deposition on
the chamber walls is as great as observed in past firing tests with
flox/LPG propellants, regenerative cooling is possible in the chamber
pressure range from 100 to 1000 psia at all thrust levels from 1000 to

20,000 1b if the fuel and design parameters are properly selected.

With the coolant at supercritical pressures, there are chamber
pressure regenerative cooling limits only at the lowest thrust levels,
1000 and 2500 1b, when the highest-coolant-temperature rise condition
(ec = 2, ée = 100, Tw = 1700°F and optimum mixture ratios) is assumed.
When more nominal heat loads are considered, the thrust limit is below
1000 pounds at 1000 psia chamber pressure. At subcritical coolant pres-
sures, the application of regenerative cooling is more restricted. Only
Butene-1, which has a high critical temperature and thus a large liquid-
phase heat capacity, can be used at all thrust levels and at chamber
pressure down to 100 psia without the danger of bulk boiling at the

maximum heating condition.

The areas where regenerative cooling is feasible for each of the

fuels with the optimum flox mixture and OF, are shown in figure 32

2
for both the lowest and the highest coolant-temperature rise conditions,

which are as follows:

Parameter Maximum Coolant Minimum Coolant
Temperature Rise Temperature Rise
T, 1700°F 3200°F
100 40
€
2. 4.0
€ 0
T Optimum 70% Optimum

Figure 33 presents chamber-pressure-thrust limits for each of the fuels
with flox at the set of conditions that was of most interest for the sub-
sequent detailed heat transfer study (i.e., for €, = 4, €, = 100, T, = 1700°F,
and optimum mixture ratios). A contraction ratio of 4 was selected for pri-
mary evaluation in the detailed heat transfer study based on injector con-
siderations. The wall temperature of 1700°F corresponds to the maximum level
considered for nickel Thermal Skin thrust chambers. The other conditions,
€. = 100 and optimum mixture ratio, were selected for performance reasons.
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The basic limits presented in figure 33 were premised upon use of
a coolant jacket discharge pressure/chamber pressure ratio of 2.0, as
were all the limits discussed previously. This ratio is of importance
when practical applications are considefed, since it is affected by the
type of engine cycle selected., The Pout/Pc ratios in the range of 2.0

to 3.0 are appropriate for expander cycle engines, whereas values from

1.15 to 1.65 are most typical for pressure-fed or gas generator cycle -

engines. Limits determined for Pout/Pcratios of 1.15, 2.0 and 3.0 are
also included in the illustration. There is no noticeable effect of
Pout/Pc ratio on upper chamber pressure limits within the ground rules
for the feasibility study, but there is a substantial effect on the

lower pressure cooling limits, where higher pressures suppress boiling,

which was the limiting criterion.
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SECTION V
DETAILED HEAT TRANSFER STUDY

A. APPROACH

1. General

To evaluate feasibility, the heat absorption capacities of the fuels
were compared to the total heat inputs to thrust chambers on a gross
overall basis for a relatively large number of fuels, thrust levels,
chamber pressures, etc. However, because heat flux varies significantly
along the axis of the rocket thrust chamber, local conditions must be
considered in a more detailed screening to determine practical regenera-
tive cooling limits. This more extensive examination was the objective

of the detailed heat transfer study.

Consideration of local conditions requires that actual coolant
passage design data be generated, which involves a significant anmalytical
effort. It is therefore impractical to attempt a study over the same
wide ranges of variables that were treated in the feasibility effort.
Initial contract requirements were to make calculations to determine
practical limits for regenerative cooling within the chamber pressure
range of from 100 to 1000 psia for two oxidizer/fuel combinations at each
of three thrust levels, 1000, 5000, and 20,000 1b, considering three wall
temperature limits (and associated materials) in each instance. The base
case for each combination was for optimum mixture ratio and an expansion
ratio of 100. Mixture ratio was to be wvaried down to 70% optimum and

expansion ratio down to 40 to determine whether limits could be extended.

The thrust chamber wall temperature limits specified were (1) 1700°F
for stainless steel, (2) 2100°F for a metal such as Haynes 25, and
(3) 3200°F for a wall with a heat barrier coating. Fuel and oxidizer
combinations selected by the NASA-LeRC project manager for the various

thrust levels were

1000 1bg Thrust 5000 1bg Thrust 20,000 1bg Thrust
Flox/Methane Flox/Methane Flox/Methane
OF,/Butene-1 OF,/55% Methane - OF9 /Propane

45% Ethane

55



Pratt & Whitney Rircraft
PWA FR=2552

To assure that the greatest value would be realized for the effort
expended in the detailed heat transfer study, results were reviewed as
work progressed so that emphasis could be shifted to permit investigation
in areas that showed promise. In implementing this approach, it became
necessary to eliminate some of the cases in the cooling limit investigétion
so that other studies could be accomplished within the planned effort.

In final form, the study consisted of three parts:

1. Cooling limit determination
2. Investigation of influence of assumed parameters

3. Investigation of off-design operation for a fixed design.

The cooling limit determination met the requirements origi-
nally outlined, but with changes in the number of materials considered
at each thrust level and, most motably, the addition of nickel
as a thrust chamber material. The investigation of the influence of
various parameters was accomplished to evaluate the effects on results
of the various assumptions that were necessary to permit determination
of limits. Limits for a fixed design were investigated to evaluate the
possibility of off-design operation of thrust chambers designed for
8000~1b thrust at 500-psia chamber pressure; three different oxidizer/
fuel combinations were considered. Results obtained in the three
different phases of the study are presented in Paragraph B. Assumptions,
cooling limit criteria, and analytical procedures are discussed in the

following subparagraphs.

2. Assumptions

The important variables for the detailed heat transfer study were
defined by contract requirements; however, several additional assumptions
were necessary for the calculations. The most important of these were

as follows:

1. Thermal Skin thrust chamber construction was assumed for
all cases. A description of this concept for thrust
chamber design is presented in Appendix A. The Thermal
Skin approach offers advantages over more conventional
tubular designs in several respects. Thermal Skin thrust
chambers can be fabricated at low cost and in a much shorter
time, which is important to later hardware portions of the
program. More basic to the extension of regenerative
cooling to high chamber pressures, however, is the latitude
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provided in the design of coolant passage geometry. For
example, for the flox/methane propellant combination at
5000-1b thrust, the maximum chamber pressure cooling limit
is increased from approximately 230 to over 1000 psia by
using Thermal Skin rather than accepting the coolant
passage geometry limits imposed if tubular wall thrust
chambers were employed (see Appendix A).

The base material for chambers with thermal barrier
coatings operating at 3200°F was Haynes 25 alloy. The
allowable interface temperature, therefore, was 2100°F.

The chamber contraction ratio (éc) was 4. Selection of
this value was based on injector considerations, which
indicated that for the chamber pressure range of primary
interest (500 to 1000 psia), contraction ratios of at
least 4 will be required to keep the injector element
thrust size in a range conducive to high performance.

The chamber cooling jacket inlet pressure/chawber pressure
ratio (Pin/PC) was taken to be 3 for flox/methane and
OF9/55% methane - 45% ethane. This value is representative
of the P;n/P. level in an expander cycle for jacket pressure
drops consistent with limits discussed later. With the

OF /butene-1 and OFy/propane propellant combinations, a

gas generator cycle would have to be used and therefore

the Pj,/P. ratio was assumed to be 1.65.

The chamber characteristic length was assumed to be

30 inches. This value was specified in contract require-
ments; furthermore, it probably reflects approximately the
required L* for high combustion performance with the flox/
light hydrocarbon fuels.

The heat reduction factor due to carbon deposition on the
chamber walls (Qm/Qp) is equal to the average value estab-
lished for the respective fuels based on previous combustion
tests.

The heat flux profile in the chamber was assumed to be that
predicted by the Bartz short form equation; only the level
was adjusted by the Qy/Q, ratio. With the Bartz profile,
the peak heat flux occurs at the throat, and therefore the
coolant passage design is more critical at the throat
station than at other axial locations. Coolant passages
were sized so that the hot-side wall temperature at the
throat was equal to the maximum permissible design value.
On either side of the throat region, the number of coolant
slots was held constant and the passages were changed to
suit the chamber geometry until widths reached dimensions
that produced excessive bending stresses (i.e., equal to the
stress that causes a 0.2% yield). At such points, coolant
passages were split and the number of passages was doubled.
Subsequent splits were also made as dictated by stress
considerations. The design approach used was necessary to
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systematize calculation procedures for the relatively

large number of chambers studied. - However, it resulted

in some regions of the chamber being overcooled as indicated
by the fact that the combustion-side wall temperatures were
below the design level. It is possible to optimize the
passages so that wall temperature is held constant through-
out the chamber permitting. a reduction in coolant wvelocities
and hence extension of regenerative cooling as limited by
jacket coolant pressure drop considerations. However, the
optimization procedure is a lengthy iterative process that
is impractical to apply in a generalized study such as this.
To provide an indication of the gains that can be achieved
through optimization, the necessary iterations were
accomplished, using the Bartz profile for a selected case.
Results are discussed in Paragraph B3b.

The values assumed for the parameters discussed in the foregoing
items 3 through 6, as well as the extent to which coolant passage geometry
is optimized, can affect the limit values obtained. However, the only
practical approach for the cooling limit investigation was to maintain
constant values for all cases so that comparabie results would be obtained.
To provide the reader with an indication of the importance of the assumptions
on the results obtained, assumed values were varied for specific cases.

The effects of the variations on limit results are presented in Paragraph B3a.

3. Cooling Limit Criteria

Chamber pressure regeneratlve cooling limits were establlshed based
on considerations of the following criteria:
1. Upper limit heat flux for nucleate boiling (transition to
film boiling)

2. Thermal decomp051t10n of the coolant due to high coolant-
side wall temperatures

3. Allowable operating temperature for engine structural
components

4. Feasibility of fabricating the required coolant passage
dimensions

5. Pressure drop through the coolant passages.
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Each of these criteria is treated in greater detail in the following
discussion. The first three criteria correspond to those used in the
feasibility study. In the detailed study, the first two criteria,

(i.e., boiling and fuel thermal decomposition) could be treated more
precisely because variations in heat flux and coolant conditions (tem-
perature and pressure) along the flow path in the chamber wall were
considered. The third criterion, which is related to the structural
temperature operating limits, applies only to the outlet coolant bulk
temperature, and thus was treated in the same manner in both parts of the
study. The last two criteria are related to the coolant passage design

and thus apply only to the detailed study.

The first and fifth criteria were of greatest importance in the
detailed heat transfer study. It was found that the boiling criterion
set limits at subcritical pressures whereas the coolant pressure drop

set the cooling limits for supercritical coolant pressures.
a. Transition to Film Boiling

For suberitical coolant pressures, transition to film boiling occurs
when the upper limit heat flux for nucleate boiling is exceeded. Because
of the high wall temperatures that accompany the transition from
nucleate to film boiling, it was assumed that this mode of heat transfer

could not be tolerated in the coolant passages at any chamber location.

Only the coolant outlet state was known in the feasibility study, and
thus limits were established by ensuring that the coolant outlet tem-
perature was lower than the corresponding saturation temperature at a
given subcritical coolant pressure. This approach thus assured that
bulk boiling would not be encountered. In the detailed study the
same comparison was made, but in addition, local heat flux values were
compared to upper limit heat fluxes for nucleate boiling. This comparison

produced a second subcritical cooling limit.
b. Thermal Decomposition Temperature

In the detailed heat transfer study as in the feasibility study, the
incipient decomposition temperature (Tid) was used to set an upper coolant

temperature level (see Appendix C). 1In the detailed study however, the
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limit was placed on local coolant film temperature rather than on the

outlet coolant bulk temperature. The limiting film temperatures were

Fuel Limiting Film Temperature, °R
Methane 1865
55% Methane - 45% Ethane 1715
Propane 1320
Butene-1 ' 1160

c. Structural Temperature Limit

The structural temperature limit was assumed to be 1760°R and, as
in the feasibility study, the coolant bulk temperature at the outlet of

the heat exchanger was limited to temperatures less than 1760°R.
d. Coolant Passage Fabrication

As discussed in subparagraph 2, Assumptions, Thermal Skin thrust

chamber construction was assumed because of the latitude it provides
in the design of coolant passages. Although the feasibility of Thermal
Skin thrust chambers has been demonstrated (see Appendix A), design and
fabrication limits have not been fully investigated. Later tasks in the
program require fabrication of Thermal Skin thrust chambers and to

* assure that study results would be applicable to the hardware effort,
it was decided not to base results upon limits that can be achieved with
future development of techniques, but rather to assume coolant passage
dimensions consistent with demonstrated state-of-the-art engraving

practice.

Minimum dimensions for the width (w), web thickness (s), and wall
thickness (8) (see figure 34) were set, based on past experience, to be
0.012, 0.015, and 0.025 inch. The maximum permissible passage depth/width
ratio (ﬁ/w) was assumed to be 1.33. This depth/width ratio is about the
current limit for single-pass etching of nickel and stainless steel without
significant side-etch effects that would cause higher tolerances on
passage width. As additional engraving experience is gained, the

permissible depth/width ratio will undoubtedly increase.
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[t S -7

\—Hot Wall *

Figure 34. Thermal SkinTM Passage Dimensions FD 23344

Coolant passage roughness was assumed to be 100 microinches, based
on measurements in coolant passages of stainless steel and nickel Thermal

Skin plates that were previously fabricated.

In addition (and not related to engraving) the coolant passage width (w)
was assumed to be equal to the web thickness (s) throughout the chamber,
based on a two-dimensional analysis (see Appendix E) that indicated that

these proportions maximize the fin efficiency of the web.

e. Coolant Pressure Drop

The cooling jacket pressure drop limits as specified by the contract
were that, at chamber pressures up to 200 psia, the limiting pressure
drop was 100 psia. Over 200 psia, the limiting pressure drop was equal

to half the chamber pressure.
4., Analysis

This subparagraph contains a brief description of the computer pro-
grams and procedures used in determining the chamber pressure limits. A
detailed discussion of the assumptions and equations used in the analysis

is presented in Appendix E.

The determination of each regenerative cooling chamber pressure limit
required that a unique chamber be designed and anaiyzed for a specified

set of conditions. Two computer programs were used in the analysis.
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The first program, for the IBM 1130 computer, was used to size the
thrust chamber and to obtain preliminary estimates of coolant passage
dimensions at the throat and at the injector stations for different
coolant flow directions so that a preferred coolant direction could be

selected.

The second program, for the IBM 360 computer, was used to analyze
the complete thrust chamber cooling jacket. Important outputs from the
360 computer program included final values for coolant passage geometry
(size and number of coolant slots), coolant conditions and properties,
heat flux, and wall temperature at several stations along the chamber.
The analysis involves a stepwise inﬁegration and simultaneous solution
of the continuity, momentum, energy, and state equations along the
coolant flow path. The program accounts for (1) coolant passage roughness
effects on the coolant film coefficient (through the use of the methods
given in Appendix E ), (2) coolant property variations with temperature,¥*
and (3) the effect of wall thermal conduction in the web between coolant

passages.

Parallel and counterflow coolant directions were evaluated using the
1130 computer program. The passage sizes obtained for the counterflow
configuration are also valid for a pass-and-a-half coolant configuration
because in this simplified analysis the wall temperature is assumed to
be constant and thus the heat pickup in the nozzle portion of the chamber
(and hence the coolant temperature at the throat station) would be the same

for both flow configurations.

*The coolant thermodynamic transport properties for methane, 55% methane -
45% ethane, propane, and butene-l1 that were used in the analysis are
presented in graphic form and discussed in detail in Appendix F.
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Typical results obtained are shown in figures 35 through 37 for 1000,
5000 and 20,000 1b thrust. Note that the passage sizes shown in these fig-
ures are only approximate (and therefore preliminary) because they were ob=
tained by assuming the coolant pressure level at the throat and injector
stations. However the indicated trends of passage size variation with
chamber pressure and flow direction are correct, and these approximate
sizes were used to select the coolant flow direction for subsequent
analysis with the 360 computer program. The counterflow configuration
was the obvious choice for the 5000~ and 20,000-1b thrust levels because
it provided larger coolant passages than for parallel flow. At the 1000-1b
thrust level, the preferred coolant flow direction is not as obvious;
counterflow however does provide larger coolant passages at the injector
station for most chamber pressures and larger passage sizes in the throat
region at chamber pressures above 400 psia for a 1700°F wall temperature,
which is of most interest. Based on these results, counterflow cooling

was used exclusively in establishing regenerative cooling limits.

After the coolant flow direction had been selected and the
thrust chamber sized using the 1130 program, the chamber pressure
cooling limits at supercritical coolant pressure were determined
by a two-step iteration procedure based on calculations
made using the 360 computer program. The first iteration established
coolant passage geometry and coolant pressure drop. For several assumed
chamber pressure levels, calculations of pressure drop and wall tempera-
ture were made for several coolant passage designs (passage size and number).
The design that provided the desired wall temperature at the throat was then
determined from a plot similar to that shown in figure 38. Each passage
design was checked for manufacturing feasibility and stress level before

it was accepted.

In the second iteration, the chamber pressure that could be used for
the patrticular wall temperature without violating one of the other cooling
limit criteria was established. At supercritical coolant pressures the
coolant jacket pressure drop was the limiting criterion and therefore, in
establishing an upper limit for regenerative cooling, the second iteration
involved the determination of the chamber pressure at which the cooling

jacket pressure drop was equal to the limit (1/2 PC) as shown in figure 39.
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Figure 35. Variation in Coolant Passage Width at Throat DF 62622
and Injector: Flox/Methane, 1000-1b Thrust
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Figure 36. Variation in Coolant Passage Width at Throat DF 62623
and Injector: Flox/Methane, 5000-1b Thrust
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Figure 37. Variation in Coolant Passage Width at Throat DF 60147
and Injector: Flox/Methane, 20,000-1b Thrust
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Lower chamber pressure limits for regenerative cooling were determined
by applying the transition-to-film-boiling criteria. These lower chawber
pressure limits were determined either by bulk boiling considerations or
by comparing local heat flux values in the chamber to the upper limit heat

flux for nucleate boiling.
B, REGENERATIVE COOLING CHAMBER PRESSURE LIMITS
1. Scope

In the detailed heat transfer study, regenerative cooling limits
were investigated at thrust levels of 1000, 5000, and 20,000 1b. Both
upper and lower chamber pressure regenerative cooling limits for a given
thrust level were determined so that practical regenerative cooling regions
could be identified. Investigations of influences of assumptions on limits
and of effects of off-design operation were also accomplished; however,
because primary interest in the hardware portion of the program is in high
operating chamber pressures, the investigations were limited to upper
limit conditions. Upper chamber pressure limits for regemnerative cooling
are discussed in subparagraph 2, assumptions and off-design operation are
treated in subparagraphs 3 and 4, respectively, and lower chamber pres=-

sure limits are included in subparagraph 5.
2. Upper Chamber Pressure Limits
a. General

In establishing the upper regenerative cooling limits at a given thrust
level and for a given propellant combination, the cooling limit was first
established for optimum mixture ratio and an expansion ratio of 100. Then,
in an attempt to extend the regenerative cooling limits to higher chamber
pressures, calculations were made for decreases in expansion ratio to

40 and decreases in mixture ratio to 70% optimum.

Table IX summarizes the upper regenerative cooling chamber pressure
limits for the various propellants, thrust levels, chamber materials
(with corresponding wall temperatures), expansion ratios, and mixture
ratios considered. Results for each propellant combination will be
presented graphically and treated individually in the following discussion.
To summarize briefly, no cooling limits were found below 1000 psia (the

maximum chamber pressure level considered in the study) for OF2/butene-1
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at the 1000-1b thrust level or for OF,/propane at the 20,000-1b thrust
level. At the 5000-1b thrust level, cooling can be accomplished at
chamber pressures above 1000 psia with OFZ/SSZ methane - 45% ethane for

all thrust chamber materials except 347 stainless steel.

In contrast to the other propellant combinations, which were selected
for evaluation at only one thrust level, flox/methane was investigated
at all three thrust levels. Cooling limits for flox/methane were
generally lower than those indicated for the other propellants at all
thrust levels. There are two primary reasons for these results. First,
and most important, heat loads were higher for flox/methane because the
Qm/Qp value assumed was higher than for other propellants. Second,
methane is less dense than the other fuels and therefore higher velocities
(and hence higher pressure drops) are fequired to generate equivalent '

heat transfer coefficients.

Important cooling passage dimensions and conditions at the upper
chamber pressure cooling limit for the cases studied are presented in
table X. For cases where there was no limit below 1000 psia, conditions
are given for that maximum chamber pressure level. Coolant pressure drop
was the limiting criterion for all cases where the regenerative cooling

limit was less than 1000 psia.

Examination of the valueé given for various parameters in table X
will show that assumed limits have not been exceeded. Throat coolant
passage dimensions (which are minimum dimensions for the thrust chamber
jacket) are greater than the minimum values of 0.015~in. depth by 0.012-in.
width. Coolant outlet temperatures are below the 1760°R set by structural
considerations, and maximum film temperatures are below the levels set

for incipient thermal decomposition.
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The results presented in tables IX and X show that thrust chamber
material selection can have an effect on cooling limits that is equal to
or greater than that of wall temperature. Figure 40 presents the regenera-
tive cooling chamber pressure limits for nickel 200, Haynes 25, and 347
stainless steel plotted as functions of thrust for flox/methane at the
optimum mixture ratio (5.75) and an expansion ratio of 100 to 1. Increasing
the permissible wall temperature from 1700 to 2100°F by using Haynes 25
rather than 347 stainless steel provides an increase in the chamber pres-
sure regenerative cooling limits by 300 to 400 psi. However, by sub-
stituting nickel for the stainless steel and maintaining the 1700°F wall
temperature limit, the increase in limits is from 400 to 800 psi. The
reason for the dramatic increase with nickel is the high conductivity
of the material. The effect is peculiar to the Thermal Skin design (at
least as contrasted to a tubular chamber) because of the contribution of

the webs between passages to the heat transferred to the coolant.

The comparison of the wvarious thrust chamber materials with flox/
methane propellants was made early in the study and, as a result, 347
stainless steel was dropped from further consideration as the material

for 1700°F wall temperature.

At the 5000-1b thrust level, Haynes 25 with a thermal barrier coating
(in addition to nickel 200, Haynes 25, and 347 stainless steel) was
evaluated for use with flox/methane and with OF2/55% methane - 457 ethane.
It was found that the thermal barrier coating permitted cooling at chamber
pressures above 1000 psia with both propellant combinations because of the
heat transfer reduction resulting from the reduced wvalue of (Taw - Tw)
realized from the high permissible operating wall temperature (3200°F).
Based upon the very high limit found for the thermal barrier coating,
and the reason therefor, it appeared that similar results would be obtained
at other thrust levels. It was therefore believed that the effort re-
quired for rigorous calculation might well be applied to the investigation
of other effects, and further treatment of thermal barrier chambers was
eliminated in the basic limit investigation. However, a thermal barrier
coating was evaluated for OFQ/Butene—l at 1000-1b thrust but with
Qm/Qp = 1; (see Paragraph B2d following).
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b. Cooling Limits for Flox/Methane

Flox/methane was the only propellant combination evaluated at all
three thrust levels. Figures 41 through 43 present cooling limit curves
for the propellants at levels of 1000, 5000, and 20,000 1b, respectively.

Figure 40 shows the variation of the regenerative cooling limits with

thrust level.
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Figure 41. Regenerative Cooling Chamber DF 59063
Pressure Limits: Flox/Methane
1000-1b Thrust
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It was found that cooling limits increased with increasing thrust
level and with decreasing mixture ratio and expansion ratio. This trend
is related to the variation of methane coolant temperature in the high
heat flux portions of the chamber (i.e., at the throat and in the com-
bustion chamber) with thrust, expansion ratio, and mixture ratio. As
the coolant temperature increases, a higher velocity and hence a higher
pressure drop are required because the wall-to-bulk temperature difference
as well as the coolant density are reduced. The coolant temperature
level increases as (1) mixture ratio increases, causing the cooling flow
rate to decrease, and (2) expansion ratio decreases, causing the heat
transfer in the nozzle to decrease. The coolant temperature increases
as thrust decreases because heat transfer does not drop off as rapidly

with decreasing thrust as does the coolant flow rate.

Figure 44 illustrates the magnitude of the throat heat fluxes at the
upper chamber pressure limits for regenerative cooling. This figure shows
the throat heat flux levels for flox/methane. Values for other propellants

are tabulated in table X.
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Figure 44, Throat Heat Flux at the Upper Chamber DF 62626
Pressure Limit for Regenerative
Cooling
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c¢. Cooling Limits for OF2/55% Methane - 45% Ethane

Figure 45 presents the cooling limit curve for OF2/55% methane =
45% ethane for 347 stainless steel chambers (limits for both nickel 200
and Haynes 25 are above 1000 psia chamber pressure). The trends of this
curve are different from those noted for flox/methane. For flox/methane;
the chamber pressure limits increased as both expansion ratio and mixture
ratio were decreased (as might be expected). The cooling limits for

0F2/55% methane - 45% ethane decrease with decreases in expansion ratio

and mixture ratio.

Figure 45. Regenerative Cooling Chamber " DF 59347
Pressure Limits: OF;/55% Methane-
45% Ethane, 5000-1b Thrust
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The decrease in cooling limits with a decreased expansion ratio is
an effect caused by the relationship between heat pickup in the nozzle
section and the coolant statepoint at the throat station of the cooling
jacket. In contrast to methane, the 557 methane - 457 ethane coolant
reaches the throat station in the éompressed liquid state. Since therej
is less heat pickup in the nozzle at an expansion ratio of 40 than at
either 60 or 100, the coolant statepoint at the throat station is closer
to the dome region where variations in density with temperature are
fairly large. As a result, at €, = 40 there is more variation in coolant
density from the film to the bulk condition and the term pf/pb in the
coolant heat transfer coefficient equation is reduced. Therefore a higher
velocity (hence higher pressure drop) is required to cool at €, = 40

than at higher expansion ratios.

The different trends in the cooling limit curves for flox/methane
and OF2/55% methane - 45% ethane with changes in mixture ratio are
related to differences in the variation of the combustion-side heat transfer
coefficient with mixture ratio. Figure 46 compares curves of throat heat
flux versus mixture ratio for the two propellant combinations. Note that
although there is a slight peak in the flox/methane heat flux curve, it is
relatively flat with mixture ratio. However, because of variations in
combustion-side film properties for OF2/55% methane ~ 45% ethane, the heat

flux increases with decreasing mixture ratio.

d. Cooling Limits for OFZ/Butene-l

The results obtained with OFz/butene-l at 1000-1b thrust and with a
Haynes 25 chamber are shown in figure 47. The upper set of curves (a)
shows that if the chamber is designed for a 2100°F wall temperature
(using the minimum wall thickness based on fabrication and stress con-
siderations), the film temperature would be above the tolerable level for
thermal decomposition (1160°R). By designing for a lower wall tempera-
ture, or by increasing the wall thickness, the butene-1 film temperature
can be maintained below 1160°R, and the chamber can be cooled to a chamber
pressure above 1000 psia without exceeding the cooling jacket pressure
drop criterion. The required wall temperatures for maintaining the film
temperature at 1160°R are given by the middle set of curves (b). The
lower curve (c) shows the wall thickness required to maintain 1160°R film

temperature if 2100°F wall temperature is used.
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A Haynes 25 chamber with a thermal barrier coating was analyzed for
use with OFz/butene-l propellants at 1000-1b thrust for Qm/Qp =1 (no
heat reduction due to carbon deposition on the chamber walls). The
results are summarized in figure 48, which presents coolant pressure
drop, coolant film temperature, and wall temperature at the interface
between the coating and the Haynes 25 base material as functions of
chamber pressure. At this set of conditions, the coolant pressure drop
would have to be extremely high and above the allowable limit of 1/2 of
chamber pressure to keep (1) the interface wall temperature below its
allowable value of 2560°R and (2) the butene-1 film temperature to an
acceptable level (1160°R). Note in figure 48 that the interface wall
temperature and film temperature values are acceptable only at 500 psia
chamber pressure. However, at this chamber pressure the coolant pressure
drop would be over 1000 psia, and the pressure drop curve is vertical,

indicating that the coolant passages are choked.

Even if the film temperature requirement were to be relaxed on the
assumption that the limit was conservative, the coolant pressure drop
required to maintain the wall interface temperature at an acceptable
value would still be above the allowable level of 1/2 chamber pressure.
Therefore regenerative cooling at these conditions does not appear

feasible.
3. Influence ¢f Assumptions

As explained in paragraph A2, it was necessary to assume values for a
number of important parameters so that the foregoing regenerative cooling
limits could be determined. It was also necessary to assume a systematic
variation of coolant passage geometry, rather than to optimize the passages
for each case. To assess the effect of the assumptions on chamber pressure
limits, ranges of values for the assumed parameters were evaluated for
selected cases and a coolant passage optimization was completed for one

thrust chamber design.
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Figure 48. Regenerative Cooling Study Results DF 59341
for a 1000-1b Thrust, OFy/Butene-1,
Thermal Barrier Coated Chamber

a. Parametric Study

Typical results of parametric evaluations of Qm/Qp, €., and Pin/Pc
are presented in figures 49 through 51. Figure 49 shows the effect

of Qm/Qp on the regenerative cooling chamber pressure limit for flox/
methane. The so-called average value for flox/methane is 0.765. The
selection of this value for primary consideration was based on previous

experimental results. Note that the allowable chamber pressure cooling

limit decreases significantly with increases in Qm/Qp from the average

value to 1.0.
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Figure 51. Effect of Cycle Considerations DF 59344
(Pin/Pc) on Regenerative Cooling
Chamber Pressure Limits
The effect of chamber contraction ratio on regenerative cooling
chamber pressure limit is shown in figure 50 for flox/methane at the
5000-1b thrust level. The chamber pressure cooling limit decreases with
decreasing contraction ratio because the higher velocities associated with

smaller chambers produce higher heat fluxes.

The effects of changes in the cooling jacket inlet pressure-to-
chamber pressure ratio are shown in figure 51. The cooling limits
decrease as this pressure ratio decreases. This results from the reduc-
tion in coolant density with the reduction in cooling jacket pressure
level. Reduced density necessitates a higher coolant velocity and thus a

higher coolant pressure drop to cool the chamber wall at a given heat

flux level.
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The variation of the cooling limits with combustion chamber character-
istic length is illustrated in figure 52. Note that limits can be

increased by decreasing L*.

ICHAMBER PRESSURE, < peid

Figure 52. Effect of L* on Regenerative DF 60148
Cooling Chamber Pressure Limits

b. Coolant Passage'Optimization

(1) Contract Studies

As explained in Paragraph A2, coolant passages were sized so that the
combustion-side wall temperature was equal to the maximum permissible design
value at the throat station. On either side of the throat, passage widths
were permitted to increase (while maintaining the width equal to the web
thickness) as required to suit chamber geometry until stress considera-
tions dictated branching. With the consequent area schedule, wall tem-

peratures were reduced in the combustion chamber and nozzle region.
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Figure 53 shows a typical plot of wall temperature versus chamber posi-
tion. The wall temperature is equal to the design value only at the throat
‘and therefore the rest of the chamber is overcooled. In the overcooled
areas, the coolant film coefficients and hence coolant velocities are
higher than required. If the coolant passage widths are increased in

the overcooled areas so that the wall temperature is increased, coolant

velocities and hence coolant pressure drop can be reduced.

The coolant pressure drop will be minimized when the coolant passages
are optimized so that the wall temperature is equal to the design value
throughout the chamber. However, because most of the coolant pressure
drop occurs in the high heat flux regions of the chamber, optimization
of the coolant passages in the combustion chamber and in the throat area
provides the most significant reduction in coolant pressure drop. In the
high expansion ratio portion of the nozzle where the heat fluxes are low,
the coolant pressure drop is also low and thus passage optimization does

not have a significant effect on the overall coolant pressure drop.
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Figure 53. Variation of Combustion-Side Wall DF 60448

Temperature With Chamber Location
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Since the coolant pressure drop criterion set the regenerative cooling
limits just presented, coolant passage optimization can be expected to
permit the extension of regenerative cooling to higher chamber pressures.
The optimization procedure is an iterative one requiring the completion
of successive thrust chamber design calculations with adjustment of inputs
between calculations. It is therefore a much more unwieldy procedure than
would be practicable to use in a study of this nature. The omission,

however, serves to make the results conservative.

To determine how conservative the limits determined might be, optimiza- .
tion studies for a 5000-1b thrust flox/methane chamber were completed.
In this optimization, the coolant passage widths were increased to the
maximum permissible value, which was dictated by either stresses or the
assumed minimum land width of 0.015-in. The resulting wall temperature
profile is shown in figure 53, A comparison of the coolant pressure

drops for optimized and unoptimized passages is shown in figure 54.

Figure 54. Coolant Passage Pressure Drop DF 60449
Comparison for Optimized and
Unoptimized Coolant Passage
Configurations

86




Pratt & Whitney Rircraft
PWA FR-2552
Note from figure 54 that the cooling limits would be 1190 psia for the
optimized chamber rather than the quoted value of 989 psia for the
unoptimized chamber. Further optimization is permissible by going to a
variable depth passage, and hence the cooling limit could be increased

still further as discussed in the following subparagraph.

(2) Independent Thermal Skin Studies

In continuing efforts to extend the applicability of the Thermal
Skin thrust chamber design, we have initiated studies independent of the
Contract NAS3-11190 effort to investigate the effects of the limitations
imposed by current fabrication technology. Results obtained to date in
these studies are summarized in figure 55.

I 11 IH v \' Vi VH

d |Constant|Constant|Conscant|{Constant|Constant |Constant{Variable

C t|[Constant|{Constant|Constant|Constant | Variable| Variable
) (;)n(s) t;_’n %.025 06‘.82%n 0025 0.010 {Min 0.010]Min 0.010

W/S Conlsdant Variable Coris‘aant Variable | Variable [Variable{ Variable
d/w <£1.33 £1.33 £30 <30 <30 < 30 £30

g
=3
&
g
]
]
3

8

Thrust - 5000 Ibf
24— .- 40

€e - 100.0

| Qu/Qp - avg
Propellants - Flox/CH4
r - Optimum (5.75)

20

PRESSURE LIMIT - psia (hundred)

REGENERATIVE COOLING CHAMBER

16
12
8
4
I 1I I IV v VI VII
0
FABRICATION IMPROVEMENTS
Figure 55. Increased Chamber Pressure With FD 24575A

Fabrication Improvements

This illustration presents chamber pressure regenerative cooling
limits (as set by the coolant pressure drop limitation of 50% P.) for
flox/methane, nickel thrust chambers at the 5000-1b thrust level for

the optimum mixture ratio (5.75) and a contraction ratio, an expansion
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ratio, and a Qm/Qp of 4, 100, and 0.765, respectively. The bars represent
cooling limits determined when the assumptions relating to coolant passage
depth (f), hot wall thickness (8), depth/width ratio ({/w), and width/web
thickness (w/s) are changed from those used in defining the cooling limits
under Contract NAS3-11190., The first bar shows the cooling limit
determined under the contract and, thus is considered the base case. Note
that this limit is for constant depth coolant passages, a constant wall
thickness of 0.025 in., a maximum ﬂ/w ratio of 1.33, and a constant

w/s ratio of 1.0. The second bar shows the limit for the optimized

case studied under the contract, in which coolant passage widths in the
combustion chamber and throat region were increased to bring the wall
temperature closer to the design limit of 1700°F. This moderate coolant
passage optimization increased the cooling limit to 1190 psia. The other
cases (ITII through VII) show the levels that can be achieved with im-
provements in fabrication technology. The assumptions for which these

limits were obtained are given below.

® Bar TII shows the effect of increasing the coolant
passage maximum depth/width ratio from 1.33 to 3.0.
Note that, for this case, the w/s ratio was maintained
equal to one throughout the chamber. By comparing
the limit obtained with bar I, the effect of increas-
ing the maximum l/w ratio is seen to be approximately

50 psi.

® Bar IV shows the combined effect of coolant passage
optimization and deeper coolant slots. Comparing
this 1imit to the base case (bar I) an increase of

approximately 600‘psi is apparent.

® Bar V shows the effect of decreasing the hot-side wall
thickness from 0.025 to 0.010 in. This wall thickness
reduction has the effect of increasing the chamber pres-
sure cooling limits by approximately 300 psi, as can be
seen by comparing bars IV and V. The combined effect of
increasing the coolant passage depth, coolant passage
optimization (variable w/s), and thinner walls is to

increase the cooling limit from 990 to 1900 psia.
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® Bar VI shows the coolant limit that can be obtained
by varying hot wall thickness. At the throat station
the wall thickness would be 0.010 in.; 1in the com-

bustion chamber a thicker wall would be used.

. Bar VII illustrates the advantage of using variable depth
passages. Comparing this limit to the base case, an
increase of from 990 to 2800 psia in the cooling limits

can be realized.

The advantages of the foregoing chamber coolant passage configurations
at a chamber pressure level of 1000 psia are shown in figures 56 and 57.
Figure 56 compares the wall temperature profiles that are obtained with
the various assumptions. It is interesting to note that only by going
to variable depth passages and variable hot wall thickness can a nearly
constant wall temperature pfofile be achieved in the combustion chamber.

Furthermore, for this case the nozzle portion of the chamber is still

overcooled.
1. T

= 2 vit Flox/CH 4

0 A F - 5000 Ibg
SO = S €c - 4.0, €¢- 100 1
g Eg T':-T..'....:: . —_:_.’7’ \‘\\\ Qm/Qp - 0.765
SN e — / X 1575 -
é E T~ Ny, \\ \ Ty - (1700°F, Nickel 200)
EEOG [ .00 \%\ \\ P, - 1000 psia ]
sSE v IR
=2 AR
ﬂ g 0.4 v, N <
<Z Qbig.
20 0.2 Sy

% : +———Throat

A

0
0 1.0 2.0 3.0 ; 4.0
FLOW DISTANCE/FLOW DISTANCE TO THROAT
Figure 56. Wall Temperature Profile for FD 24646A
Various Thermal Skin Channel
Designs
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REQUIRED COOLANT PRESSURE DROP
AT 1000 psid CHAMBER PRESSURE
Figure 57. Required Coolant Pressure Drop FD 24644A

at Pc = 1000 psia

Coolant jacket pressure drops at 1000-psia chamber pressure are
shown in figure 57 for each of the configurations. The coolant jacket
AP decreases significantly as the wall temperature approaches the design
value throughout the chamber. However, although startling gains in
maximum chamber pressure occur as more complex structural configurations
aré incorporated, (see figure 55), figure 57 shows the jacket pressure
drop achieved for a 1000-psia chamber pressure engine does not decrease
in proportion. The pressure loss for coolant passage optimization,
increased passage depth, and redﬁced wall thickness (Case V) is not much

greater than that which can be achieved when all restraints are neglected
(Case VII).

4, Off-Design Operation

At the request of the NASA Program Manager, detailed heat transfer
studies of off-design 6perati0n were made at the 8000-1b thrust level
using flox/methane, OF2/55% methane - 457% ethane, and OFz/propane pro-
pellants. The 8000-1b thrust chambers were designed for operation at a

500-psia chamber pressure level with a throat wall temperature of 1700°F
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for‘Qm/QP = 1.0 (i.e., for no heat reduction due to carbon deposition on
the chamber walls). The effects of reducing Qm/Qp to the average values
and of varying chamber pressure from the design point were then assessed.
The thrust chamber material was nickel in all cases. Results obtained

are presented in figures 58 through 63.

Note that

1. At the design point, the cooling jacket pressure drop is
highest with methane, but still within the 1/2 chamber
pressure limit. ’

2. The coolant pressure drop, throat wall temperature, and
the coolant exit temperature are lower for average values

of Qm/Qp than for Qm/Qp = 1.0.
3. For either value of Qm/Qp (average or 1.0) and for all

three propellant combinations, the coolant pressure drops and
wall temperatures increase, and coolant exit temperatures
decrease with increasing chamber pressure.

Based on these indications, it can be concluded that the thrust chamber

cooling jacket should be designed for the highest chamber pressure level

in the operating range.
5. Lower Regenerative Cooling Limits Set By Boiling Consideration

In the preceding paragraphs, attention was devoted entirely to the
upper chamber pressure limits for regenerative cooling. The lowest
chamber pressure at which regenerative cooling can be employed without
risking transition into the film boiling region was also determined. 1In
establishing the lower cooling limits, the two conditions under which
film boiling can occur, bulk boiling and high heat fluxes, were con-
sidered (see Appendix E). For bulk boiling, the saturation state defines
the maximum allowable coolant condition and therefore the approach taken
was the same as that followed in the feasibility study. For instances
in whiqh bulk boiling was not a problem, heat flux levels were compared
to the upper limit heat flux for nucleate boiling to check for subcooled

film boiling.
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The lower chamber pressure cooling limits set by the bulk boiling
consideration are presented in table XI. Both methane and the methane-
ethane blend have low liquid phase heat capacities and thus can not be
used as subcritical coolants without operating in the bulk boiling regime.
Consequently, the lower chawmber pressure limits for flox/methane and
OF2/55% methane - 45% ethane were established by the lowest chamber

pressure that has a supercritical coolant pressure at the heat exchanger

exit.

Propane and butene-1 have large liquid phase heat capécities and

thus can be used as subcritical coolants at chamber pressures down to

100 psia without reaching the saturation state and hence the bulk boiling
limit, However, the application of these fuels is also restricted by
subcooled film boiling. As chamwber pressure is increased above 100 psia,
the heat flux at the throat increases until, at some level, the upper
limit heat flux for nucleate boiling is exceeded. Under this condition,
even though the overall enthalpy rise is low, high local heat fluxes in
the chamber prohibit the use of regenerative cooling until the pressure

in the coolant jacket reaches a supercritical level.

Figures 64 and 65 show the chamber pressures at which subcooled
film boiling will occur with OFZ/butene-l at 1000-1b thrust and OFZ/propane
at 20,000-1b thrust respectively. In both figures, curves defining the
variation in throat heat flux with chamber pressure are compared with
curves for the upper limit heat flux for nucleate boiling. The upper
limit heat flux values are computed by equations developed by Pratt &

Whitney Aircraft given in Appendix E.

Figures 64 and 65 show that subcooled film boiling would not
occur until chamber pressures of approximately 260 psia for butene-1 or
140 psia for propane were reached. Therefore, these two fuels can be
used as subcritical coolants from these respective chamber pressure
levels to below 100 psia. Because they can also be used as supercritical
coolants at high chamber pressures, they have two regions of applicability,
one for subcritical pressures and one for supercritical pressures. These

regions are illustrated and discussed further in the following summary.
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C. SUMMARY OF RESULTS

Figures 66 through 70 summarize the results obtained in the detailed
heat transfer study. The first three of these figures illustrate
the regions (on chamber pressure - nozzle expansion ratio maps) in which
regenerative cooling can be used at the 1000, 5000, and 20,000-1b thrust
levels. The regions are for the following conditions: contraction ratio
of 4, optimum mixture ratios, nickel 200 thrust chamber material, maximum

wall temperature equal to 1700°F, and average values for the Qm/Qp factor.

The cooling jacket inlet pressure/chamber pressure ratio was selected for

the respective propellant combinations based on engine cycle considerations.

The cooling regions for flox/methane and the OFZ/SSZ methane - 457 ethane
blend are continuous. Throughout the regions shown for these two pro-
pellants, the fuel coolant would be at supercritical pressures. For
OFZ/butene-l and 0F2/propane, two cooling regions, one for supercritical
and the other for subcritical coolant pressures, are shown. The super-
critical and subcritical regions are separated by areas in which subcooled
film boiling is anticipated and therefore in which regenerative cooling

is not practicable.

Flox/Methane - OFy/Butene-1
Pin /Pc = 1.65
1000 1000
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Figure 66. Regenerative Cooling Limits at GS 7329

1000-1b Thrust for Flox/Methane
and OF2/Butene—l
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Figure 67. Regenerative Cooling Limits at
5000~1b Thrust for Flox/Methane
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Figure 69 illustrates the cooling regions for flox/methane and

OF2/55

7% ethane for the case of no heat reduction (i.e.,

methane - 45

%

the effect

By comparing this figure with figure 67,

for Qm/Qp = 1).

of the Qy/Q, factor can be realized.
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The last figure (figure 70) shows the applicable regenerative cool-
ing region for flox/methane (which was evaluated at all thrust levels)
on a chamber pressure - thrust map. This is the same type map that was
obtained in the feasibility study. By comparing figure 70 with the
corresponding map obtained for flox/methane in the feasibility study
(figure 33), it can be seen that limits associated with local heat
flux conditions and coolant passage designs (namély the coolant jacket
pressure drop limitation of 1/2 chamber pressure) restrict regenerative
cooling to a smaller area than that indicated when only high coolant

temperature limits determined using coolant heat capacities are considered.
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SECTION VI
ENGINE CYCLE STUDIES

A, TINTRODUCTION

To provide performance information that would supplement heat transfer
studies for propellant evaluation, engine cycle studies were accomplished
concurrently with the detailed heat transfer investigation. The effort
was concentrated on a comparison of high chamber pressure turbo-expander

and gas generator engine cycles at the 5000-1b_. thrust (which was considered

£
"a likely level for subsequent hardware design). The propellant combinations
flox/methane, OFZ/SS% methane - 45% ethane, OFz/propane and OFz/methane were
considered in the studies; butene-l was not treated, since it is more

appropriate for low chamber pressure, pressure-fed applications.
B. TURBO-EXPANDER CYCLE

Turbo-expander engine cycles rely upon the energy absorbed by the
coolant, which is the turbine working fluid to power the turbopumps
(figure 71). Thus engine operating limits are dependent upon fuel
properties and thrust chamber heat transfer. Heat transfer and cycle
studies indicated that energy absorbed is adequate to power the turbine
when methane and the 55% methane - 457% ethane blend are used. The
properties of the other fuels considered in the detailed heat transfer
studies, butene-1 and propane, do mnot suit them for application to the
expander system. Expander cycle studies were therefore confined to

methane and the methane-ethane blend.

Figure 72 shows the variation in turbo-expander cycle chamber pres-
sure limits with Qm/Qp ratio at the 5000-1bg thrust level for flox/
methane, OFz/methane, and OFZ/SS% methane - 45% ethane. The limits
assumed the use of nickel thrust chambers. Both coolant jacket pressure
drop and temperature rise were varied with chamber pressure and Qm/Qp
as required for jacket cooling. The limits given were generated assuming

high-speed partial-admission turbines with efficiency levels of 70%.
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Note in figure 72 that the OFz/methane limits exceed those of the
flox/methane propellant combination for Qm/Qp levels greater than 0,864,
whereas for lesser Qm/Qp values the reverse is true. The interrelation-
ships between jacket coolant flow rate, pressure drop, and temperature

rise are responsible for this characteristic.

The attainable operating ;hamber pressures for OF2/55% methane -
45% ethane are the lowest of the three considered propellant combinations. Y
These low attainable chamber pressure limits are direct results of the
low amounts of energy absorbed by the coolant or working fluid (approximately
76% of that absorbed in the flox/methane cycle). The reduced energy
available at the jacket discharge results in a reduction in available *

turbine work and hence the lower limits.

Mizxture Ratio Control Valve\D__‘:L Heat Exchanger

—t (

Oxidizer
Pump

Main Nozzle

Control

{J ‘ Thrust
. 1 ¢}

Figure 71. Turbo-Expander Schematic FD 12811D
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S s00

Figure 72, Effect of Heat Transfer DF 60434
On Expander Cycle Limit

C. GAS GENERATOR CYCLE

The chamber pressure limits for the gas generator cycle are affected
by thrust chamber heat transfer only to a small extent. However, the
cycle is subject to specific impulse losses that result from the diversion
of small quantities of oxidizer and fuel to the gas generator for turbine
power (figure 73). The extent of these losses for the flox/methane,
OFz/methane, OF2/55% methane - 45% ethane, and the OFy/propane propellant
combinations, for a thrust level of 5000 1bf is shown in figure 74 for
average Qm/Qp ratios and in figure 75 for Qm/Qp = 1.0. The losses
were minimized by assuming that the turbine exhaust gases were expanded
through a nozzle having an expansion ratio of 60 to provide useful thrust.

As for the expander cycle, nickel thrust chambers were assumed.
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Gas generator cycle specific impulse losses increase with increasing
levels of chamber pressure because of increased pump head rise and horse-
power requirements; this increase is reflected in greater turbine flow
requirements. Also the losses increase as Qm/Qp increases from the
average value to 1.0 because higher coolant jacket pressure drops and

hence higher pump discharge pressures are required with Qm/Qp = 1.0.

Note from figures 74 and 75 that the specific impulse loss is gener-
ally less with the more dense fuels. This is the result of lower required
jacket coolant pressure drops with these fuels and hence lower pump head
rise and turbine work requirements. The notable exception to this is
the OF2/55% methane - 457 ethane propellant combination which, for
chamber pressures less than about 650 psia, demonstrates loss values
greater than those for the methane propellant combinations. This
exception is caused by the high critical pressure of the methane~ethane
blend. To avoid the bulk boiling heat transfer regime, the jacket
coolant discharge pressure was maintained above critical. The 55% methane -
45% ethane blend has a high critical pressure of 976 psia. Consequently,
the attempt to hold the injector inlet pressure at 115% of chamber pressure
and circumvent the bulk boiling heat transfer regime failed at all chamber
pressures less than 845 psia. Elimination of boiling required that the
jacket coolant discharge pressure be maintained at 976 psia for all
chamber pressure values below 845 psia level. This requirement re-
sulted in high pump head rise and horsepower requirements and hence

increased specific impulse losses.

—

Main Chamber Cooling Flow

Turbine Heat Exchanger

Gas Generator
Controls

r,:[ Main Nozzle
:{D<l\ Gas Generator Nozzle

Main Oxidizer Control Valve

Oxidizer Pump

Figure 73. Gas Generator Schematic FD 23485
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Figure 74. Variation in Impulse Loss With DF 60435
Chamber Pressure for Gas Generator
Cycles at Average Qm/Qp

Figure 75, Variation in Impulse Loss With DF 60436
Chamber Pressure for Gas Generator
Cycles at Qm/Qp = 1.0
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For methane and propane, with critical pressures of 673 psia and
619 psia, respectively, fuel injector inlet pressures were held to 115%
of chamber pressure as long as these values exceeded the critical pressure.

As a result, pump head, turbine work, and hence impulse loss values were

minimized.
D. PERFORMANCE COMPARISON

Figures 76and 77 compare ideal performance® for both the expander
and gas generator cycles at a 5000-1bg thrust level for average and
1.0 Qm/Qp ratios, respectively, Regardless of the chamber pressure or
Qm/Qp ratio levels considered, heat transfer and cycle limits notwithstanding,
the flox/methane expander cycle provides the highest value of ideal
vacuum specific impulse. It is therefore considered that, unless the
desire to press for chamber pressure levels greater than approximately
700 psia exceeds the benefits of high delivered performance, the flox/
methane turbo-expander cycle represents the most favorable engine con-
figuration. Furthermore, if the thrust chamber cooling jacket coolant
passage configuration were optimized (see Section V, Paragraph B3a) so
that the wall temperature were constant throughout the chamber, the cooling
jacket pressure drop would be reduced and operation at chamber pressures

higher than 700 psia could be accomplished with flox/methane.

* Ideal performance is defined as the performance level for nc* = 100%
and N = 100%. Therefore, ideal expander cycle performance is equal
to theoretical,and ideal gas generator cycle performance is equal to
theoretical less the impulse loss resulting from propellant use in the
gas generator.
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Figure 76. Theoretical Performance Comparison DF 60437
of 5K Thrust Level Expander and Gas
Generator Cycles at Average Qm/Qp

Figure 77. Theoretical Performance Comparison DF 60438
of 5K Thrust Level Expander and Gas
Generator Cycles at Qm/Qp = 1.0
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APPENDIX A

THERMAL SKINTM CHAMBERS

A new approach for fabrication of regeneratively cooled rocket engine
thrust chambers, called Thermal Skin,has been developed andAdemonstrated
at Pratt & Whitney Aircraft's Florida Research and Development Center.
The Thermal Skin concept features a bonded sandwich construction of
plates (with preformed internal cooling passages), which are formed into
thrust chamber contours. The coolant passages in the Thermal Skin
plates are engraved by a photochemical milling process that is con-
trollable and rapid, and requires no special tooling other than a photo-

graphic master.

To demonstrate the feasibility of the Thermal Skin concept, two sub-
scale rocket thrust chambers (1,000-1b thrust at 300 psia chamber
pressure) were fabricated from nickel for tests with fluorine/hydrogen
propellants. Figure A-1 illustrates the fabrication steps. After the
coolant passages were sized, an engraving master was made and then used
for engraving the passages into the nickel plates. The engraved plates
were then brazed together, formed to the desired contour, trimmed and
placed on a welding fixture so they could be seam-welded together. After
the welding operation, the coolant inlet and exit manifolds were added
to complete the chamber construction. A completed thrust chamber is
shown in figure A-1.

Seven tests were made with the Thermal Skin chambers at chamber pres-
sures from 300 to 820 psia using fluorine/hydrogen propellants at mixture
ratios from 8 to 13.3. The chambers were cooled with gaseous hydrogen.
The total accumulated firing time was 145 seconds. A photograph taken
during one of the test firings is shown in figure A-2. A post-test chamber
photograph is shown in figure A-3. The throat heat flux for the 820-psia
chamber pressure test has been calculated to be 32 Btu/inz-sec, which
compares to calculated values of 13 and 17 Btu/inz—sec for the RL10 and

J2 engines, respectively.
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Engraved Plates Section

Engraved Plates Brazed Together

Formed and Trimmed
Stave

Staves on Welding Mandrel

Completed Thermal
Skin,, Chamber

Figure A-1. Thermal SkinIM Thrust Chamber GS 7035A
Fabrication
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Figure A-2, Photograph of 1K Engine During FE 64950
Hot Firing Test

Pratt & Whitney Rircraft ... .. g :

ST RO R G e e CESTER

Figure A-3. Thermal Skingy Chamber Assembly FE 62698
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Based on the subscale Thermal Skin chamber demonstration program and
design studies for other applications, the following advantages have

become apparent for Thermal Skin thrust chambers:

1. The coolant passage flow area can be varied along the
length of the chamber to permit close matching of the
coolant heat transfer coefficient with local heat fluxes.
This feature can be used to minimize the coolant pressure
drop.

2. 1Internal branching of the coolant slots can be readily
achieved to minimize stresses in the large-diameter poxr-
tions of the thrust chamber.

3. The thickness of the metal web separating the coolant
passages can be sized to provide internal heat conduction
within the Thermal Skin wall so that the webs are effective
cooling fins. The degree to which the fin effect can be
used depends on the wall heat flux, thermal conductivity of
the wall material, passage spacing and height, and wall
thickness. By judicious choice of dimensional parameters,
it is possible to make the effective area for heat rejection
to the coolant greater than the area of absorption from the
combustion gases. This feature improves the cooling
capability of the wall for a given coolant pressure drop or,
conversely, minimizes the required coolant pressure drop
for a given heat load.

4. The smooth wall in contact with the combustion gases, as
contrasted to the surface provided by tubular construction,
reduces total heat flow to the coolant by minimizing the
chamber surface area for a given chamber diameter.

5. The materials used for the various layers can be selected
to provide the best combination of thermal and structural
performance.

6. Thrust chamber fabrication is simplified; this results in
reduced costs and shorter lead time for Thermal Skin
chambers than for tubular wall chambers.

7. Thermal Skin chambers can be designed for lightweight units.
The weight of a flox/methane 10,000-1b thrust, 500-psia
chamber pressure, 60 expansion ratio thrust chamber has
been estimated to be approximately 85 1b.

The advantage of Thermal Skin construction over tubular wall con-
struction for application in the 1000 to 20,000-1b thrust range with
flox/methane propellants has been evaluated. Figure A-4 shows the
estimated cooling limits for both tubular-wall and thermal skin thrust

chambers. The chamber pressure cooling limit curve for Thermal Skin chambers
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reflect the limits obtained in the detailed heat transfer study. They
were set by the coolant jacket pressure drop criterion of 1/2 chamber
pressure. The cooling limits given for tubular wall chambers were ob=-
tained using the smallest ID double~tapered tubes currently available.
The cooling limit for tubular chambers are set by stress and wall tem=-
perature considerations. The advantage of Thermal Skin is apparent.

The cooling limits are increased by approximately 200 to 800 psi depend-

ing on thrust level.

Figure A-4. Comparison of Chamber Pressure vs DF 60235
Thrust for Thermal SkinrIM and
Tubular Chambers
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APPENDIX B
HEAT TRANSFER REDUCTION DUE TO CARBON
DEPOSITION ON CHAMBER WALLS

1. DISCUSSION

With the flox/LPG propellants, as with any combination using hydro-
carbon fuels, carbonaceous material is deposited on thrust chamber walls
during combustion. Experience has shown that the thickness of the
deposited layer varies throughout the chamber and nozzle, with the
greatest thickness being observed in the combustion zone and throat
entrance, where gas velocities are lowest and the opportunity for free
carbon formation is greatest. Downstream of the throat, where high
Mach numbers prevail and combustion is essentially complete, lesser

deposits are encountered.

The effect of a carbon layer is to reduce heat flux in the same manner
as a thermal barrier coating. Schematic representations of coated and
uncoated walls are compared in figure B-1. The local heat flux can be

written for both the uncoated and coated walls as:

4= hg (Taw - Tw) (B-1)
qco = . t (Taw - Tw) (B-2)
_l_+ co
h k
g co
where:
q = heat flux to uncoated walls
qCO = heat flux to wall with coating
tCo = thickness of coating
kco = thermal conductivity of coating
h = heat transfer coefficient between the combustion
& gases and the chamber wall
Taw = adiabatic wall temperature of the combustion gases
Tw = chamber wall temperature on the combustion gas side



Pratt & Whitney Rircraft
PWA FR-2552

|

q —‘—‘—"hg \

Coolant Flow

Cooled-Wall
UNCOATED WALL

i
(

q-————>
hg

Coating%

COATED WALL

Coolant Flow
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Figure B-1l. Schematic Diagram Showing Temperature FD 21635A
Distribution Through Coated and
Uncoated Heated Walls

The ratio of the heat fluxes for a coated and uncoated wall for a

given value of wall metal temperature TW can be determined by dividing

equation B-2 by equation B-1.

q ,
co 1 (B-3)

As the quantity hgtco/kco and thus as the coating thickness is increased,

the effectiveness of the coating in reducing heat flux is also increased.

The equilibrium thickness of the carbon layer is dependent on the amount
of free carbon and on surface shear stresses induced by velocity gradients
in the boundary layer. It is determined by a balance of the deposition
and erosion rates at the surface., Deposition of solid particles increases

with the amount of free carbon in the combustion gases, whereas erosion

rate increases with velocity gradient.
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The factors influencing formation and erosion of carbon coatings do
not lend themselves to analysis, and therefore it is not possible to
predict coating thicknesses theoretically., In additiom, there is a wide
variation in the thermal conductivity of various forms of carbon (from
0.2 Btu/hr-ft-°R for Acheson 2301 to 215 Btu/hr-ft-°R for pyrolytic
carbon). Therefore, the exact characteristics of the carbonaéeous
materigl that would have to be known to use the relations for insulating
coatings cannot readily be obtained, so an alternative approach was

taken in the study.

The procedure used to account for accumulation of carbon on thrust
chamber walls was the adjustment of the gas-side film coefficient.
Data obtained in testing under Contracts NAS3-4195 and NAS3-6296 (Ref-
erences 1 and 2) show that both injector configuration and fuel hydrogen/
carbon ratio affect heat transfer. These effects are illustrated in
figure B-2, which presents the ratio of measured-to-predicted heat transfer
(Qm/Qp) as a function of fuel hydrogen/carbon ratio for both liquid/
liquid and liquid oxidizer/gaseous fuel injectors. Although this figure
was originally derived using data obtained in short sea level chambers,
the limits presented also encompass the data obtained for full-length
altitude chambers. 1In the study, the average-value curve was used
primarily. The effect of changes in Qm/QP from the average value to

1.0 (no reduction in heat transfer) was also evaluated.
2. APPENDIX B REFERENCES

1. '"Final Report, Investigation of Light Hydrocarbon Fuels
With Flox Mixtures as Liquid Rocket Propellants,' Contract
NAS3-4195, NASA CR-54445, PWA FR-1443, September 1965.

2. "Final Report, Investigation of Light Hydrocarbon Fuels
With Fluorine-Oxygen Mixtures as Liquid Rocket Propellants,"
Contract NAS3-6296, NASA CR-72147, PWA FR-2227,
15 September 1967.
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APPENDIX C
THERMAL DECOMPOSITION OF FUELS

1. DISCUSSION

In the thrust chamber coolant passages, it is desirable to keep the
hydrocarbon coolant temperature at a low level so that carbon formation,
which can result in the plugging and fouling of the passages, is not
excessive. For the regenerative cooling analysis, the incipient thermal
decomposition temperature (TID) was used, which is based upon a 1% decom- .
position rate per hour, as the upper coolant temperature limit (Reference 1).
Reasons for using the incipient thermal decomposition temperature concept
as a limit in the study are as follows:

1. If thermal decomposition of the fuel does not occur, carbon

will not form and passage fouling will not be a problem

2., Establishment of the concept is based upon experimental
data for the hydrocarbons of interest

.

3. The concept is easy to apply because the limiting tempera-
ture becomes a function only of the hydrocarbon fuel.
Although the physical situation existing in the rocket engine coolant
passage is not exactly the same as that which existed in the experimental
apparatus used to obtain the data given in the references for this
method, the relative values for T for the various fuels are believed

ID
to be wvalid.

The procedure for calculating T for a general reaction (com-

ponent A ~—l§—> Products) is straighi?forward and may be found in sources
such as Reference 2. The equations used in calculating TID are reviewed
in this Appendix and require that the following assumptions be made.

1. Gas phase reaction
Isothermal process
Isobaric process

Classic collision theory

Irreversible reaction

[« )NV B - R VR S

. Reaction in first order with respect to Component A.

*References used in this Appendix are presented in Paragraph 2.
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The following basic equations apply.

d CA
It = K CA (c-1)
€ 4 c, t
_f C—=Kf dt (C-2)
C A o
Ao
where:
K = K' exp(-AE/RT) ' (€c-3)
CA = concentration of A at time t
CA = initial concentration of A
o)

AE = activation energy

K = specific rate constant
K' = frequency factor

R = gas constant

Equation (C-3) is often referred to as the Arrhenius Equation. Inte-
gration of equation (C-2) and substitution of equation (C-3) for K yields

the following equation.
= K!' - C-4
1n (CAO/CA) K't exp (-AE/RT) (C-4)
The concentration of A at any time may be expressed in terms of the

original concentration and the degree of completion of the reaction, i.e.

Cy = Cyo (1-xA) (C=5)

Substituting (C-5) into (C-4) and solving for T yields

N -AE /R -
T= in [- 1n (1-xA)]» - 1ln (R't) (C-6)

The value TID is calculated by substituting t = 3600 sec and X, = 0.01
(one percent by weight decomposition per hour). Table C-1 lists the
activation energy, frequency factor, thermal decomposition temperature,

and references for the experimental data for the hydrocarbon fuels of

interest.
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Table C~1. Thermal Decomposition Temperature for the
Hydrocarbon Fuels of Interest
FUEL AE, K', T, REFERENCE

Kecal/gm-mole sec-1 °R

Me thane 91.0 4.5x10%3 1865 3

Ethane 70.2 1.535x1014 1715 3

55% Methane=- 84.8 7.77X1013 1400 *

45% Ethane

’ Propane 67.1 2.58x10" 1320 4
Butene-1 45.0 5.0x10° 1160

* Values for AE and K' obtained by molar-averaging values for
methane and ethane.

After establishing temperatures at which incipient thermal decom-
position would occur for the fuels of interest, it was still necessary
to determine which coolant-side temperature should be limited by the
T . level. 1In the feasibility study, since coolant passage design was

ID
not considered, the computed bulk temperature at the cooling jacket

outlet was used. In the detailed heat transfer study, where the cooling
system was analyzed and therefore coolant temperature variations along
the thrust chamber were computed, the film temperature was limited by
the TID levels. Use of bulk temperature would give optimistic results
since there are regions near the wall that are at higher temperatures.
Conversely, use of wall temperature would give pessimistic results
because only a microscopically thin layer of fluid approaches the wall

temperature. Thus, the film temperature, defined as the average of the

bulk and wall temperatures, is considered to be the best choice.

Pratt & Whitney Aircraft tested propane in electrically heated tubes
to determine the effects of coke formation (due to fuel thermal decom-
position) on the heat transfer characteristics (Reference 6). For two-
hour test periods,results showed that heat transfer coefficients were
reproducible and no deposits were formed. For testing periods of approxi-
mately nine hours, heat transfer coefficients were reduced up to 48% and
carbonaceous deposits were formed in the inlet section of the tubes where
film boiling and accompanying high wall temperatures (approximately

2100°R) were present. However, the midsection of the tubes were still
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completely free of deposits. Examination of the test data revealed that
the average wall and film temperatures in the midsection were approximately
1470° and 1300°R, respectively, for the test period. Although these test
results were obtained with only one of the fuels of interest, they do
indicate that the coke deposition should not be a problem in rocket

engines as long as film temperatures are not excessively high.
2. APPENDIX C REFERENCES i

1. "Evaluation of Hydrocarbon Materials as Vaporizing Fuels,"
Final Report, ASD-TR-62-254, August 1962,

2. Daniels, F. and R. A. Alberty, "Physical Chemistry,"
John Wiley & Soms Co., New York, 1956.

3. Kozlov, G. I. and V. G. Knorre, "Single-Pulse Shock Tube
Studies on Kinetics of the Thermal Decomposition of Methane,"
Combustion and Flame, Vol. 6, No. 4, March 1961l.

4, Laidler, K. J., N. H. Sagert, and Wojciechowski, '"Kinetics
and Mechanisms of the Thermal Decomposition of Propane,"
Dept. of Chemistry, Univ. of Ottawa, Canada.

5. Kerr, J. A., R. Spencer, A. F. Trotman - Dickenson, 'The
Pyrolysis of 1-Butene and the Resonance Energy of the Allyl
Radical," J. Chem. Soc. 1965, 6652-4 (Eng).

6. "Final Report for Study of Turbojet Main Burmers for Use
With Contaminated Fuel," PWA FR-1254, Prepared Under Navy,
Bureau of Naval Weapons, Contract NOw 63-0489-d, 5 March 1965.
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APPENDIX D
FEASIBILITY STUDY - METHOD OF ANALYSIS

1. GENERAL

In the feasibility study, regenerative cooling limits for the hydro=-
carbon fuels were evaluated on the basis of the heat capacity of the fuels
and the integrated or total heat transfer to the thrust chamber. For super-
critical pressures, the feasibility of regenerative cooling was determined
by comparing the computed fuel coolant temperature at the exit of the
cooling jacket to limits set either by fuel thermal decomposition or by
the allowable structural temperature limit. At subcritical pressures,
bulk boiling was the limiting criterion and thus the saturated liquid
state was the limiting cooling jacket exit condition. The method of

analysis followed in the feasibility study is described in this Appendix.

2. CALCULATION OF THRUST CHAMBER HEAT TRANSFER

The total heat transfer to the thrust chamber was calculated by

performing the following integration using an IBM 360 computer program.

Q. Ag
Q = (—Q'—->f hg(Taw - TW)dAS (0-1)

0

The combustion-side heat transfer coefficient, hg’ was computed using

the simplified Bartz equation (Reference 1).* This equation was selected
because it can be readily applied and also because (as shown in figure D-1)
it agrees closely with the more rigorous boundary layer solutions by
Sibulkin (Reference 2) and Elliott (Reference 3). In addition, with the
hydrocarbon fuels carbon deposition on the chamber walls has a signifi-
cant effect on heat transfer, and based on currently available data (see
Appendix B), is best handled by reducing the film coefficients by the fac-
tor Qm/Qp' The amount of carbon formation, and therefore the Qm/Qp factor

for a given fuel is related to injector design and consequently the unknowns

*References for this Appendix are given in Paragraph 6.
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in Qm/Qp are believed to override completely any slight error introduced

-

by using the simplified Bartz equation.

The form of the Bartz equation used is

k.fe D p.\0.8 0.4
= fp _ £ )
h, = 0.026 D<A ™ pb> (Prf) (0-2)

In this‘equation the transport properties are evaluated at a film tem~
perature, Tf, which is the arithmetic average of the static gas temperature

and the wall temperature.

The adiabatic wall temperature, Taw’ was calculated from the equation .

T =<T-T)Q+T (0-3)
aw 0o 5 S .

where
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Figure D-1. Comparison of Combustion Gas FD 21672A

Heat Transfer Prediction Methods

D-2



i

Pratt & Whitney Rircraft
PWA FR-2552

By use of one-dimensional isentropic gas dynamic equations, the static
temperature and pressure can be expressed as functions of area ratio. Thus,
by knowledge of the following items, which are inputs to the IBM 360 com-

puter program, equation D-1 can be integrated.

. Propellant flow rate
. Total temperature

. Combustion gas transport properties as functions of temperature

1

2

3

4., Nozzle throat diameter

5. Specific heat ratio of the gases
6

. Contraction ratio and characteristic length of the combustion
chamber

7. Untruncated design area ratio and length of the nozzle.

The propellant flow rate and throat diameter are computed using the

equations
z d (D-4)
WS =% -
P Ivac 7% Cs
[4 cxk'm * g 1 1/2
D}’t = < p

l chg (D-5)

In these equations, the theoretical performance parameters, I;ac and c*',
as well as the combustion temperature, Té, and the ratio of specific heats
for the combustion gases, Y, are determined by propellant theoretical
performance calculations for shifting equilibrium conditions. Theoretical
performance values were computed for all five fuels specified with both
flox (using the optimum fluorine concentration for each fuel) and OFp
oxidizers. Tﬁe heat of formation used for OF2 was the new NBS value of
+5.86 Kcal/mole for the gas at 298°K. This provides a reference enthalpy
value of 65.2 Btu/lby at the OF2 normal boiling point. Performance curves

for the propellants are presented in Appendix G.

Transport properties of the combustion gases for all the oxidizer/
fuel combinations of interest were generated as functions of mixture ratio

and temperature. The c* efficiency was assumed to be 96% and the nozzle

D-3
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aerodynamic efficiency, CS, was taken to be 97%. Because of the difficulty
of assigning a value for kinetic losses (accepted prediction procedures
have not agreed with experimental results as described in Reference 5),

these were neglected.

The geometry of the subsonic portion of the thrust chamber was com-
puted assuming a generalized contour (figure D-2) which is dependent upon
input values of characteristic length, contraction ratio,and throat diam- i
eter. The geometry of the supersonic nozzle was computed using the
method of characteristics for input values of untruncated nozzle area

ratio and nozzle length.

Figure D-2., Chamber Contour FD 23470

3. GENERATION OF BASIC PARAMETRIC CURVES

The heat transfer to the thrust chamber was determined using the
computer program described in the previous paragraph for approximately
72 cases., A 'case'" is defined by the fuel and oxidizer combination,
mixture ratio, contraction ratio, expansion ratio, wall temperature,
chamber pressure, and thrust level. For each of the cases considered
the coolant enthalpy rise was calculated by dividing the integrated heat
transfer value by the coolant flow rate. With data from these few cases,

it is possible to calculate the enthalpy rise and therefore to determine
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temperature rise and coolant state (gas,liquid,or two-phase) for all
combinations of the variables and propellants considered in the feasibility
study. These calculations are possible because the relative effects on
thrust chamber heat transfer of most of the variables considered are in-
dependent of changes in the other variables. For example, the percentage
increase in heat transfer between two thrust levels is independent of the
wall temperature, Figure D=3 shows the variation of the total heat trans-
ferred to the thrust chamber as a function of thrust for wall temperatures
of 1700 and 2100°F. The percentage increase in heat transfer between 1000
and 20,000-1b thrust is 638.6% at TW = 1700°F and 631.6% at Tw = 2100°F. It
can thus be concluded that the effect of a change in thrust on heat transfer
is essentially independent of the value of wall temperature. Similarly, it
can be shown that the ratio of total heat transfer values at any thrust
level is essentially independent of the fuel, the oxidizer, and the

mixture ratio. This leaves only contraction ratio, expansion ratio, and
chamber pressure as parameters that influence the Aheat transfer -

A thrust relationship.

a
S 8.0r—

8 2 Tw = 1700°F
= 7.0

=)
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©< 1//:::::/,/’
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Figure D-3, Variation in Thrust Chamber FD 21632
Total Heat Transferred With
Thrust Level
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Relationships between variables similar to those just discussed for
thrust level can be shown for each of the eight primary variables that
were evaluated in the study. In table D-1, the eight variables for the
cooling feasibility analysis are listed; each is shown in turn in the first
column as the primary variable. The variables that have significant
effects on the percentage change in heat transfer and those that have
negligible effects for incremental changes of the particular primary

variable are listed in the second and third columns, respectively.

Table D-1. Variables to be Considered in
Cooling Feasibility Analysis

Primary Variable With Variable With Negligible .
Variable Significant Effects Effects

F €.> ee, Pc Fuel, Oxidizer, r, Tw

Pc TW Fuel, Oxidizer, F, r, ec, €,

€. €. F, Pc Fuel, Oxidizer, r, TW

€ ec, F, PC Fuel, Oxidizer, r, Tw

TW PC Fuel, Oxidizer, r, € €

Fuel Oxidizer, r F, Pc, €. € 'I.‘W

Oxidizer Fuel, r F, PC, €. € TW

r Oxidizer, Fuel F, P, ¢, €, T

c c’ e’ w

From table D-1 the primary and influencing variables (columns 1 and 2)
can be classified into groups based upon their interrelationships as

follows:

Group A Group B Group C

c w e

Fuel, Oxidizer, r P, T F, Pc’ Q:: €

Examination of the relationships of the variables in Group C permits
a further simplification. Since the simplified Bartz equation does not
give a boundary layer solution, the contraction ratio, €., affects heat
transfer only in the combustion chaumber, whereas the expansion ratio,
€. affects heat transfer primarily in the nozzle portion of the thrust

chamber.
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b,

g}

i

i
=

Combustion chamber heat transfer dependency on expansion ratio is
caused by changes in specific impulse with expansion ratio. Changes in
specific impulse affect throat diameter (see equations D-4 and D-5) and
thus combustion chamber surface area. However, specific impulse changes
only approximately 3% as expansion ratio is increased from 40 to 100;
therefore, the dependency of combustion chamber heat transfer on expansion

ratio is quite small.

The effect of chamber pressure on the heat transfer - thrust relation-
ship as related to the chamber geometry terms €. and € results almost
entirely from relative changes in chamber surface area and nozzle surface
area as the throat diameter varies. Since the chamber characteristic
length, L*, was held constant at 30 inches in the study, the chamber
surface area is proportional to the throat diameter at any contraction
ratio, whereas the nozzle surface area for a given expansion ratio and

“ contour is proportional to the square of the throat diameter. By
estimating the nozzle and combustion chamber heat transfer rates separately
for the variables in groups B and C above, the variables of interest can

thus now be grouped as shown in table D-2.

Table D-2. Parameter Groups

Group 1 Group 2 Group 3 Group 4
Fuel, Oxidizer, r Pc’ T, F, € F, €

With this grouping, it is possible to summarize in only six curves
all heat transfer data necessary to determine the coolant enthalpy rise
required for all combinations of the variables of interest. Figures D-4

through D-9 show the basic parametric curves.

The significance of these curves as well as their development can be
explained by the use of partial derivatives. The fuel coolant enthalpy
rise for cooling the thrust chamber is a function of the eight variables

involved in the study, i.e.,

AH = f(fuel, oxidizer, r, Pc, TW, F, éc, ee) (D-6)
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In the study a base enthalpy rise QAHO) was established for flox/methane
at its optimum mixture ratio (5.75), 5000-1b thrust, 250-psia chamber pressure,
contraction ratio of 3, an expansion ratio of 60 and a wall temperature
of 2100°R. The change in fuel enthalpy rise from this preselected base

point, in terms of the variables of interest, is given as follows:

A(AH)= (Hfue1 - HCH4) + (Hox - flox) ( )Ar +(g§ ) ap_ + | )
(g? >AT +(§§)AF +(%2C)Aec‘+ (—2—2) A€ ©-7) -

The symbol (H ) refers to a change in fuel (coolant) enthalpy rise

fuel ~ Pemy,
due to a change in fuel type from a base fuel (methane) with all remaining

variables held constant. Similarly, the symbol (Hox - H ) refers to

flox
a change in fuel (coolant) enthalpy rise due to a change in oxidizer
type from the base oxidizer (flox) with all remaining variables held
constant. As previously stated, the chamber and nozzle heat loads can

be separated; therefore

Star 42 e+ (37) -

E'.AF=BF AF + SF AF (D-8)
8o ) (),
B o () - G
—g.—f; Ae_ = 81; A (:—I::>Aee (0-11)
B on, = (). + ()
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The effects of fuel type and mixture ratio on thrust chamber heat transfer
cannot be prorated among the chamber and nozzle sections since these vari-
ables are assumed to exert equal influence at all locations. Substituting
equations D-8 through D-12 into equation D-7 yields the following relation

for total change in fuel enthalpy rise.

oH
A(AR) = (Hfuel B HCH )+ (Hox B Hflox) +<§> Ar +

A

BHC' dH_ OH_ OH,

R vy S v S vy S

dH ch BHe aHe

"a—F—C AF + -BTC AGC + '52; Aée +\5F AF - (D-13)

It is now possible to arrange the partial differentials according

to their relationships. Based on the groupings given in table D-2, the
variables that affect the respective partial differentials and those
that do not can be identified as shown in table D-3. Based on the
relationships indicated in table D-3, the six parametric curves were
formulated. The partial differentials are identified with the curves

as described in the following paragraphs.

The fuel enthalpy rises in the chamber and nozzle can be obtained
from the variables contained in Groups 3 and 4 of table D-2 by separating

the following terms

BHC aHC
AHCO + a—FAF + Bec Aec (D-14)

OH_ aHé
AHeo +\ 57 AF + _B_Z; Aee (D-15)

from equation D-13. The quantities AHco and AHeo bias the fuel enthalpy

1
AH

AH'
e

rises to the base case values. Figure D=4 provides the coolant enthalpy
rise (Aﬂé) for the combustion chamber region upstream of the throat as a
function of thrust and contraction ratio for flox/methane at a mixture
ratio of 5.75, a chamber pressure of 250 psia,and a wall temperature of
2100°F. Figure D=5 presents AHé for the expansion nozzle for the same

conditions.
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Figure D-4. Variation in Combustion Chamber Fuel DF 58062
Enthalpy Rise With Thrust Level and
Chamber Contraction Ratio

Figure D-5. Variation in Nozzle Fuel Enthalpy DF 58063
Rise With Thrust Level and Nozzle
Expansion Ratio

D-11
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Adjustments to the chamber and nozzle enthalpy rise for variations
in wall temperature and chamber pressure from base values can be made
by defining a ratio or adjustment factor defined by equations D-16 and
D-17. Equation D-16 is obtained by separating the variables given in

Group 2 from equation D-13.

BHC‘ (38, )
AHCAAHC = AHC + GPC APC + aTW Tw AHé

OH\AP . ( anc> AT .

_ C
=1 e /AH' T | AR (D-16) -
C (64 W C

Equation D-17 is obtained in a similar manner as equation D-16.

aHe aHe 1
AHe/AHé = AHe + Sp APC + ST TW T
C Wi e
aHe AP ane AT
=1 *\3p Jan' T\ 3T AHV (©-17)
[o] e w e

Figure D-6 is a plot of the correction to chamber heat flux for

variations in chamber pressure and wall temperature. While figure D-6

is based on calculations for a particular propellant combination, mixture
ratio, thrust, and contraction, it is equally wvalid for other propellants,
mixture ratios, thrust, and contraction ratios because these are parameters
that have negligible effects on the A heat transfer - A chamber pressure
and the A heat transfer - A wall temperature relationships. Figure D-7
provides a chamber pressure and wall temperature correction for the

nozzle similar to that of figure D-6 for the combustion chamber.

The enthalpy rise for the entire thrust chamber is the sum of the
corrected chamber and nozzle enthalpy rises. Therefore, equation D-18
represents the enthalpy rise for all variables except changes in fuel

type, oxidizer type, and mixture ratio.

D-12
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AR' AHé QAHC/AHé) + AHé QAHeAAHé)

BH an
AHC0+ aF AF + dec Af +
aH aH
BP AP+ aT AT+ OH+ .
OH, OH_ OH OH_ )
BF AF + afe Aée + —gP—C APC + BTW ATW .

The above equation can be simplified with the aid of the identities given

by equations D-8 through D-12.
. oH oH
AH —Ni +<BP>AP +<8T>AT
OH oH dH
<BF>AF + ( 860>Mc + (aee>Aee (D-18)

AH =AH + AH
) co eo

where

The correction for fuel type, oxidizer type, and mixture ratio is

given in equation D-19 and is obtained by separating these variables from

equation D-13,

oH
au/an [AH' + (Hepeg ~ HCH4) O, mHpo) F (T)Ar}z.\.ﬂ'

1 1 (8H>Ar
[1 + e - HCHQ) A A - B A T \Sr/am

(D-19)
Since the correction factor AH/AH' is a function of three variables, and

because only two oxidizers are considered, two curves for AH/AH' are
presented, one for each oxidizer. Figure D=8 is used to adjust the
enthalpy rise (AH') for other mixture ratios or other fuels; the curves
for each fuel are based on the optimum flox concentration for that par-

ticular compound or blend.
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1f OF2 rather than flox is used as the oxidizer, figure D-9 is used
rather than figure D-8. 1In both figures D-8 and D-9, the appropriate

average value for Qm/Qp for each of the fuels has been used.

Finally, the enthalpy rise of the fuel for a specified set of
variables and desired fuel and oxidizer can be obtained by multiplying

equation D-18 by equation D-19.

AH = AH' (AH/AH')
=AH + (H = | ; - (BH)
o™ fuel CH4) * (Hox Hflox) 3 ar +
OH oH OH
5o )82, +( 51 JaT, +\Sp)aF +
C W,
O \ 1o 4 (QH )5 (-20)
Bec e Bee e

Equation D-20 is identical to equation D-7 since AH—AHO = A(AH) .

Given the coolant AH, the coolant state and outlet temperature may be

determined from a temperature-enthalpy chart for the fuel of interest.

Figure D-8. Variation of Fuel Type Correction DF 58066
Factor With Propellant Mixture
Ratio for Fuel Enthalpy Rise
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Figure D-9. Variation of Fuel Type Correction DF. 58067
Factor With Propellant Mixture Ratio
for Fuel Enthalpy Rise

4., METHOD ACCURACY

To demonstrate the accuracy of the method used in the feasibility
study, the cases shown in table D-4 were evaluated using the basic curves
and then compared to values obtained by the IBM 360 computer program
referred to in Paragraph 2 of this Appendix. Note that the differences

obtained by the two methods and hence the errors introduced by using the

parametric curves are quite small.

Table D-4. Cases Evaluated Using Basic Curves and
Compared to IBM 360 Computer Values

Fuel Oxidizer Mixture Contrac- Expansion Wall Thrust, Chamber Fuel Computed Error,
Ratio tion Ratio Tempera- 1b Pressure, Enthalpy Fuel %
Ratio ture, °F psia Based on Enthalpy
Parametric  Btu/lb
Curves m
Btu/1b
m

Methane Flox 4.0 2.0 100 1700 5000 850 581 592 1.33
Propane OF, 3.79 2.0 100 1700 4157 100 222.9 221 0.86
Butene-1  OF, 2.7 4.0 40 3200 1000 1000 114.27 113.26 1.29
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5. ANALYSIS

To facilitate obtaining numerical results, the six basic curves shown
in figures D-4 through D-9 were stored in an IBM 1130 computer program.
Upon the specification of the eight variables, the program was able to
compute the coolant (fuel) enthalpy rise. Also, by specifying the desired
coolant enthalpy rise and seven of the eight variables, the program has

the capability to solve for the remaining variable.
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APPENDIX E
DETATLED HEAT TRANSFER STUDY - METHOD OF ANALYSIS

1. GENERAL

Two computer programs were used for the determination of regenerative
cooling chamber pressure limits in the detailed heat transfer study. The
first program, for an IBM 1130 computer, performed a preliminary design
analysis to establish thrust chamber geometry and to provide a first
approximation of coolant passage sizes for counter and parallel coolant
flows. The preliminary passage sizing information was used to select
the preferred coolant flow direction. The second program, for an IBM
360 computer, performed a detailed Thermal Skin heat transfer analysis.
This program provided a stepwise solution for determination of the fluid

state and wall temperature at points along the coolant passage.

The two computer programs, used in series, permitted the determination
of regenerative cooling limits. Upper chamber pressure limits (with the
fuels at supercritical pressures in the passages) were generally set by
coolant pressure drop limitations; lower chamber pressure limits (at
subcritical pressures) were determined by analysis for bulk or film

boiling.

This Appendix contains a description of the computer programs and

the boiling analysis used in the detailed heat transfer study.
2. PRELIMINARY DESIGN ANALYSIS (1130 COMPUTER PROGRAM)
The 1130 computer program performed the following operations:

1. Combustion chamber sizing

2. Coolant passage sizing at the throat and injector loca-
tions

3. Stress analysis.

The equations used in these operations are discussed in the following

subparagraphs.
a. Combustion Chamber Sizing

The combustion chamber was sized for a specified set of conditions
defined by values for (1) thrust, (2) chamber pressure, (3) expansion
ratio, (4) contraction ratio, (5) mixture ratio, and (6) an oxidizer/

fuel propellant combination. The propellant flow rate and fuel coolant
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flow rate were determined from the familiar equations,

g o= ! % -

vy F/(X. . N.*C) (E-1)

w;zf = v'qp/(l + 1) | (E-2)
where I;ac is the theoretical specific impulse for shifting equilibrium

and the c* efficiency and nozzle efficiency values were assumed to be
96% and 97.5% respectively (kinetic losses were not considered). The

required throat area, throat radius, and chamber length were determined -

us ing the relations,

A% = (c*'ncv’vx;vp)/chc (E-3) -
R* = JA*/Tr ’ ' (E-4)
R, = ﬁ: (R*) (E-5)
V = L¥A* (E-6)
L =V/& (E-7)

where

A

L
f ™ deL
o
b. Coolant Passage Sizing

Coolant passages were sized by determining the coolant-side film
coefficient required to maintain the desired hot-side wall temperature,
and then computing the dimensions necessary to produce the coefficient.

The heat input at any given station was determined as

4= (Q,/Q)h, (T, - T.) : (E-8)
whefe
2
S (W) (14 Tt )
<1+ v;le) 5-9)
z [Prf]1/3 (E-10)
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The combustion-side heat transfer coefficient, hg’ was computed
using the Bartz short form equation (see Appendix D). Average values
for heat reduction due to carbon deposition, Qm/Qp, were employed (see

Appendix B).
The coolant-side coefficient is defined as:

h
c

q/(TWC - T (E-11)

b)
where

- - 9%
Twc Tw KW (E-12)

The wall thickness 6, and other pertinent cooling passage dimensions
are defined in figure E-1. Wall temperature (TW) was specified, as was

the corresponding material, which in turn defined the wall thermal con-

ductivity, Kw'

jﬁ
Figure E-1. Cross Section of Thermal SkinTM Wall FD 23455
Showing Symbols Used
The purpose of the IBM 1130 computer calculation was to permit
selection of the coolant flow direction for which passage dimensions
were largest. For this purpose, it was necessary only to evaluate
locations where minimum dimensions would be expected. These locations

were at the throat and at the injector station. The throat is the

region of highest theoretical heat fluxes; the injector station is of

E-3
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concern primarily because of the parallel coolant flow case. While

heat fluxes near the injector are not as high as at the throat, they

are significant and with parallel flow the coolant is at its maximum
density at that station, and hence small passages are required to achieve
high coefficients. Parametric curves generated in the feasibility study
(see Appendix D), which considered combustion chamber and nozzle heat
transfer separately, were used to estimate coolant bulk temperature (Tb)

at the throat and injector stations for use in the calculations.

The Dittus-Boelter equation for heating of a fluid with fully
developed turbulent flow

0\ 0.8
_ 0.023K¢ 0.8{°f\ . 0.4

was used to establish coolant passage dimensions required to achieve

the required coefficient.

By expressing coolant passage dimensions by identities based on

ratios that were held constant for the study®*
L=w/Gll)
s = w/(w/s)

w/1.33 (E-14)

w/1.0 (E-15)

and noting that,therefore, the number of slots for a given chamber radius

and wall thickness is a unique function of the slot width

N = 2T R +8) (w/s) _TR +34)
s W w/s + 1 W

(E-16)

the Reynolds number in equation (E-13) can be expressed in terms of total
flow and total coolant flow area, and then the terms can be rearranged to
permit solution for slot width directly as

oo QoDRs@/d + 1)

he

: 0.8
we (PP wih)  Gils + 1)
TheR +8) W/l + 1) w/s

(Prf)0'4

(E-17)

*w/ﬂ was held constant at 1.33 based on current state-of-the-art engraving
practice, and w/s was assumed to be 1.0, which was a value shown to pro-
duce maximum fin efficiencies in previous studies.
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When the minimum passage width for a given case was established at one

of the two locations analyzed, the depth (which was assumed constant
along the coolant passage for ease of engraving) was fixed. The width

at the other station was then determined, using equation (E-17), assuming
the same number of passages. Subsequent stress analysis showed that
branching was not necessary in the combustion chamber regions; the
coolant passage widths at the injector station were not sufficient to
necessitate splitting of the passages even at the highest thrust level
(20,000 1b). In the studies made, the minimum required dimensions always

occurred at the throat station.
c. Wall Stress Calculation

Independently of the heat transfer calculations, Thermal Skin
chamber wall thicknesses (8) at the throat and chamber stations were
determined based on stress calculations. The stresses of concern were
the bending and shear stresses in the inner, or chamber wall, the braze
tensile strength, and the thermal stresses. In all calculations,
coolant passages were assumed to have square corners. Since past
experience has shown that rounded corners are obtained in etched coolant

passages, this assumption yields conservative results.

The allowable wall thickness based upon bending stress was determined

from a fixed-end uniform load beam analysis with bending about the fixed ends:

5b =/ Pw2/2 Oy (E-18)

The allowable wall thickness based upon the inner wall yielding in

shear is
&, = Pw/20y : (E-19)

The allowable passage space required to prevent tensile failure of the

braze joint is determined as follows:

= E-
ST Pw/O'T (E-20)

The ‘allowable wall thickness based on thermal stress consideration was
based on the difference in expansion at the outer radius (location 2
on figure E-1) as compared to that at the inner radius (location 1 on

figure E-1).
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(o RAT)1 - (orRAT)2

= (E-21)
TH R, R,

+ gy
0,8, 8,E,

)

The thermal stress is caused by the differences in expansion at the

outer and inner radii. The temperature differences AT, and AT2 are the

differences in temperatures between ambient and the reipective wall tem-
peratures and E1 and E2 are the corresponding moduli of elasticity at

these locations. In these equations, the coolant pressure (P) for counter- *
flow was based on an assumed pressure loss of half the allowable at the
throat station and of the total allowable at the injector station. For
parallel flow, the pressure at the injector was assumed to be the inlet
pressure and half the allowable pressure loss was assumed at the throat
station. The 0.2% yield strength was evaluated at the mean of the out-
side wall temperature (TW) and the coolant side wall temperature (TWC).
The allowable braze stress was based upon the tensile strength of the

braze evaluated at the coolant bulk temperature.

If the wall thicknesses determined from the stress calculations of
equations E-18 through E-21 were greater than those assumed for the heat
transfer calculations, a greater wall thickness was assumed and the heat
transfer calculations were repeated until the wall thickness required for
strength was less than that used in the heat transfer calculations for

passage width.
3. THERMAL SKIN HEAT TRANSFER ANALYSIS (IBM 360 PROGRAM)
a. General

A detailed Thermal Skin heat transfer analysis was performed using an
IBM 360 computer program. The analysis consisted of a stepwise solution
of the continuity, energy, momentum, and state equations for determination
of the coolant conditions and wall temperature at stations along the
coolant passages. The IBM 360 computer was used in conjunction with the
IBM 1130 computer. 'For a specified set of conditions (i.e., for values
of thrust, chamber pressure, expansion ratio, contraction ratio, mixture
ratio, and an oxidizer/fuel propellant combination) computed values (from

the IBM 1130 program) of the following parameters were input to the
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IBM 360 program: (1) throat diameter, (2) fuel flow rate, (3) the wall
thickness, which is held constant throughout the chamber, and (4) number

of coolant slots at throat location. By specifying the number of coolant
slots at the throat and the wall thickness, the coolant passage geometry

was completely defined because: (1) the slot spacing dimension (s) was

equal to the slot width at all stations throughout the thrust chamber for

best fin efficiency (see subparagraph b) and (2) the coolant passage depth was
also maintained constant; the depth was equal to 1.33 times the throat-

station passage width.

The number of slots was held constant in the combustion chamber because
stress analysis using the IBM 1130 program indicated that the injector-
station passage widths were not large enough at any thrust level and
chamber pressures up to 1000 psia to require branching. However, coolant
passage branching was employed in the nozzle portion of the chamber; a
conservative approach was taken by splitting the passages at stations

where the width equaled the injector-station coolant passage width.

For a given set of conditioﬁs, iterations were made on the number of
coolant sloté using the IBM 360 computer program until the combustion-
side wall temperature at the throat location was equal to the maximum
allowable value for the particular material being considered. Once the
number of coolant slots had been determined, the coolant pressure drop,
maximum film temperatures, etc. were compared to allowable values to
establish regenerative cooling limits. A final stress analysis for the

passage geometry was made after limits had been established.

The following paragraphs contain the assumptions and important equations

used in the IBM 360 heat transfer computer program.
b. Assumptions
The following general assumptions were made in the analysis.

1. The coolant flow is both steady and one-dimensional.

2 Conduction heat transfer within the coolant is negligible.

3. Heating of the coolant due to viscous dissipation is negligible.
4

Radiation is negligible with respect to forced convection heat
transfer in the coolant passages.

5. Entrance effects on coolant heat transfer coefficients are
negligible.
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6. The combustion-side heat transfer coefficient (h,) and
adiabatic wall temperature (Tgy) are independent of the
cooling process and can be evaluated independently. The
Bartz short-form equation was used for calculating hg,and
Taw was calculated using one-dimensional isentropic equations
as in the feasibility study.

7. Two-dimensional heat transfer effects within the Thermal
Skin wall are adequately represented by a fin analysis.

Assumptions 1 through 6 are self-explanatory but some comment is
required to clarify assumption 7. Conduction between passages contributes
significantly to heat transfer in Thermal Skin thrust chambers, To eval- .
uate this effect, two-dimensional conduction calculations are generally used;
however, these are unwieldy and time-consuming. To determine whether a
more adaptable calculation could be used, combustion- and coolant-side
wall temperatures as predicted by (1) two-dimensional and (2) one-
dimensional plus fin effect analyses were compared. For the comparison,
the throat wall temperatures for a flox/methane, 5000-1b thrust, 350-psia
chamber pressure engine with nickel walls were evaluated. The two-dimen-
sional results indicated combustion- and coolant-side wall temperatures
of 1721 and 1459°R, whereas the one-dimensional plus fin effects gave
1776 and 1500°R, respectively. The agreement between the methods 1is
considered to be adequate and typical, and thus forms the basis for

assumption 7.

c¢. Equations

Figure E-2 shows an elemental section of a coolant flow passage in
the direction of flow. The calculation of the coolant-side heat transfer
coefficient is based upon knowledge of the wall temperature, thus requiring

an iterative solution of the heat transfer through the chamber wall.

The iterative technique employed may be summarized in words as follows.
Assuming that all quantities and their gradients are known at station j-1,
the bulk temperature, static pressure, and heat flux are estimated at
station j. The gas-side and coolant-side wall temperatures are then
calculated. The coolant-side heat transfer coefficient can now be evaluated
and the fluid bulk temperature at station j is estimated by making calcula-
tions across the wall. Comparison is made of the bulk temperatures calcula-
ted from the enthalpy rise of the coolant stream from j-1 to j and the value
calculated across the wall at j (see following sketch).
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Figure E-2. Elemental Section of Coolant FD 23456
Flow Passage
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If (Té - Tb) is not within a specified tolerance, the iterative calculations
are repeated until convergence is made. Iterations for pressure drop are

also made.
The combustion-side wall temperature is calculated by equation (E-22).

g
T

o " Taw T @) By -22)

The combustion gas heat transfer coefficient (hg) and the adiabatic wall
temperature (Tawj are known quantities and are independently calculated

as discussed in Appendix D. One-dimensional calculations are made to

determine the coolant side wall temperature as given by equation (E-23).

_ q4
Twc B Tw - k
w

(E-23)
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The thermal conductivity is evaluated at the average wall temperature.
Bulk temperature calculations at station j are made by considering heat
transfer from the periphery of the slot. Two-dimensional effects are
approximated by assuming that the web material acts as a stub fin with a

base temperature of Twc' Figure E-3 shows the equivalent fin geometry in

terms of the symbols of figure E-1.

f(AR) .

wr

Tw_/ T;)vck | T

7-’\/“\
= d
b~

[~ ]

Figure E-3. Equivalent Fin Geometry for Thermal ¥D 23458
SkinTM Passage
_ q . PB>
T, =T - ——>— (——- (E-24)
b we nfin hc PS
where,
. 1
nfin = [tanh (m)](_u.l.
m = [[ + w(AR) | /2h /k,S
PS =[ 20+ (1 + AR)W]NS
PB = 2m(R +4)

The term AR is used to control the amount of periphery that transfers
heat. Based upon two-dimensional studies, best results were obtained for
AR = 0, which corresponds to heat transfer from all coolant passage walls

except the back wall.
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The coolant heat transfer coefficient that was used in the analysis is
based upon work reported in Reference 1%, which was developed to account

for surface roughness effects on heat transfer.

T \0.55 i (E-25)
h = se== c (£ '
c T pb\ N A

wcC ] )

where
£/2
St = (E-26)
0.92 + f/2[5.5(6*)0'2(P,:b)o'44 - A(e¥)
€% = Reb \/f/2(6/Dh) (E-27)
A(e*) =+2/f + 2.5 1n(2e/DH) + 3.75 (E-28)

The term € in equations E-27 and E-28 is the passage surface roughness

(100 M - inches was used in the detailed heat transfer study). The
isothermal friction factor was obtained by performing iterative calcula-
tions for the function shown in figure E-4. The dimensionless terms €%

and A(€*) are used to corfelate the friction factor data normally presented

on a Moody Diégram.

11.0
: /
L\' .
3 10.0 /—'Smooth Tube
= .
NET / \
v 2
z 7 ~
=
= 8.0
o
& /
g 7o
0|/
% 6.0 Smooth =} < ~—t Transition ————s—]-s—Fully Rough
5.0 Ll ‘ ‘lll‘ L LJ t " T ] l ‘lH
1 10 100 1000
€ = Reb vi/2(€/Dy,)
Figure E-4, Friction Similarity Function for FD 23459

Close-Packed Sand Grain Roughness

*References for this Apﬁendix are given in Paragraph 5.
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The coolant temperature, pressure and state was determined by simul-
taneously integrating the continuity, energy, momentum, and thermodynamic
state equations. The equation of state is given in terms of the BWR
equation as described in Appendix F. Since the flow is steady, the use of
a constant mass flow rate in the calculations satisfies the continuity
equation. With the aid of figure E-2, the energy and momentum equations

can be written as follows.

H, = H, .+l (5-12)93‘— | (E-29)

i j-1 We dx/pJ
Af_h ___ w(U. - U, )y "
h g Adx
c

where .
§ﬁ (‘”f 2 __l;__
—.\K 28(:5—

The bars over the symbols in equations E-29 and E-30 refer to average
values over the increment of length Ax. The pressure is determined by
equation E-31,

Py = bt (—%—}I—:—-)AX (E-31)

The friction factor (fh) represents the isothermal friction factor corrected
for heat transfer as given by equation E-32 and based on work reported in

Reference 2.

£ = f(l‘:—;“>1oif\/0w/ﬁ’b : (E-32)
Sudden expansions and contractions in flow area are treated by incompressible
flow equations and are lumped at the upstream station (j~1). Once the pres-
sure and enthalpy are known at a station j, the bulk temperature is determined
from enthalpy-pressure-temperature data. The thermodynamic and transport
properties are an integral part of the analysis and are discussed separately

in Appendix F,.
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4. BOILING ANALYSIS

At the upper chamber pressure limits for regenerative cooling, the
fuels were at supercritical pressure in the coolant passages. It was found
that the maximum allowable coolant pressure drop established limits in
almost all cases, and these were determined using a relatively straightforward

graphic solution as described in Section V.

At the lower chamber pressure limits, the fuels are at subcritical pres-
~ sures and thus three different heat transfer processes are possible in
rocket thrust chambers: forced convection, forced convection nucleate
boiling, or forced convection film boiling. If the first process occurs,
the wall in contact with the coolant will be at a temperature less than
the local saturation temperature. As the wall temperature is increased to
approximately the saturation temperature, boiling will occur. Existence of
the boiling mode can be determined by comparing the heat flux to the upper-
limit heat flux for nucleate boiling. For heat fluxes greater than this
upper-limit value, film boiling will occur. Film boiling will also occur,
regardless of the heat flux level, when the bulk temperature reaches the
saturation level and there is bulk boiling, or net vapor generation, that
causes the amount of available liquid to be insufficient to wet the wall.
The transition to film boiling is accompanied by a large increase in wall
temperature and therefore the conditions that produce it set the low

chamber pressure cooling limits.

For bulk boiling the saturation state defines the maximum allowable
coolant condition and therefore the approach taken was the same as that
followed in the feasibility study. Lower pressure limits were at the
lowest chamber pressures that would allow the fuel to remain at a super-
critical pressure in the jacket until the critical temperature was
exceeded. The limits were therefore largely dependent upon the liquid

phase heat capacities of the individual fuels.

In the study, when it was found that critical temperatures were
exceeded, it was assumed that the lower chamber pressure cooling limit
occurred when the jacket outlet pressure was just equal to the critical
pressure. This point was established by comparing the predicted coolant

pressure drop with the limiting pressure drop for which supercritical
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pressures were maintained in the jacket. Solutions were obtained graphically,

as illustrated in figure E-5. The predicted jacket pressure drops in the

illustration are the levels required to maintain the assumed wall tempera-

ture limit. The boiling limit line represents the condition at which

jacket discharge pressure equals critical pressure. Jacket inlet pressures

were assumed for the various fuels based on the type of engine cycle for

which they were appropriate, gas generator or expander.

Note
lish the
pressure

the line

that curves such as those of figure E-5 were also used to estab-
upper cooling limit. The upper limit corresponds to the chamber
at which the predicted-coolant-pressure-drop curve intersects

reflecting the allowable cooling jacket pressure drop limit.

Figure E-5. Graphical Determination of Chamber DF 60252

Pressure Corresponding to Critical
Jacket Outlet Pressure
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Fuels with large liquid phase heat capacities can be used as
coolants at subcritical pressures without the occurrence of bulk boiling,
However, if local heat fluxes in the chamber are sufficiently high, sub-
cooled film boiling could occur. To check for this possibility, the
upper~limit heat fluxes were determinea from Reference 3 using the

following equation:

cl .
= -+ - -
Q. a+b (T - T)U ][d + eP] (E-33)
where
= fuel saturation temperature
sat
Tb = fuel bulk temperature
U = bulk velocity
P = fuel pressure

In equation E-33, a, b, ¢, d, and e are experimentally determined
constants for each fuel. For butene-1 and propane, which have large

liquid phase heat capacities, these values are as follows:

Fuel a b c d e
Propane~ 0.3227 9.43 x ].O_L'L 0.5 1.0376 -2.51 % 10-4
Butene~1 0.2736 7.43 x 10"4 0.6 1.0619 -4.11 x 10°%

The following values were assumed for the terms Tsat’ Tb’ U, and P.

T .. T, ,°R U, ft/sec P
Propane £(P) 400 70 1.65 PC
Butene-1 £(P) 350 45 1.65 P,

The coolant velocities (U) were selected as being nominal values used

for the respective fuels at low chamber pressures. The throat bulk tem-
peratures (Tb) were computed at a chamber pressure of 250 psia; a constant
value was used because the coolant enthalpy rise in the nozzle of the
thrust chamber is not a strong function of chamber pressure. The coolant
pressure was assumed to be 1.65 times chamber pressure. This is considered
to be the maximum probable since with both of these propellant combinations
(OF,/Butene-1 and OF,/propane) either a gas generator or a pressure-fed

engine cycle would be used. For these two cycles, the maximum inlet
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coolant-to-chamber pressure ratio would be approximately 1.65. Further-
more, since the coolant jacket pressure drop will be low in the nozzle,
it was neglected and the throat coolant pressure was assumed to be 1.65

times chamber pressure.
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APPENDIX F
FUEL THERMODYNAMIC AND TRANSPORT PROPERTIES

1. GENERAL

This Appendix presents the correlations and methods used in the prep-
aration of the computer programs to calculate thermodynamic and transport
properties of the hydrocarbon fuels considered in the study. Figures F-1
through F-16 at the end of this appendix present the variation of vapor pres-
sure, density, viscosity, and thermal conductivity as functions of tempera-
ture and pressure for methane, 55% methane - 457 ethane, propane, and
butene-1. Enthalpy - temperature diagrams for these fuels and for ethane
are presented in Section IV.

Because of the importance of specific heat in heat transfer calcula-
tions, equations are given for each fuel; however, this property is not

presented in curve form.

The properties have been evaluated for both liquid and gas regions
for the pressure and temperature ranges given in table F-1. The minimum
temperatures in table F-1 correspond to 10°R above the freezing points

of the fuels.

The Benedict-Webb=-Rubin (BWR) equation of state (References 1, 2,
and 3)%* is used to predict demsity, enthalpy, and specific heat of the
hydrocarbon fuels in the gas and liquid regions except where otherwise
noted. The BWR equation gives pressure as a function of temperature

and density: **

3
P = RIP+ (BRT - A, - C_/TIP + (BRT - 2)P° + aah + - la + whe
T

, Co, a, b, ¢, @, and v) for methane, ethane,

02| (F-1)

The BWR constants (AO, BO
propane, and butene-l are given in table F-2, For a given temperature

and pressure, the corresponding density is solved by the Newton-Raphson
iteration procedure. Since six solutions are possible for the BWR
equation, the correct solution is obtained by providing a suitable first
guess dependent ﬁpon the particular phase (gas or liquid) being considered.
For a gas phase, the perfect gas law provides a first estimate, whereas

for a liquid phase the hydrocarbon liquid density at the normal boiling
point provides a good first estimate. A vapor pressure curve fitted

by a polynomial equation is used to determine the phase for a given

pressure and temperature.

* References for this Appendix are given in paragraph 7.
*% Symbols are defined separately for this Appendix in paragraph 6.
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Table F-1. Fuel Property Pressure and Temperature Range

Fuel Témperature, °R Pressure, psia
min max min max
Methane 173 2100 14.7 3000
55% Methane - 143 2100 14.7 3000
457 Ethane
Propane 164.3 2100 14.7. 3000 .
Butene-1 168.4 2100 14.7 3000

Table F«2. Benedict-Webb-Rubin-Constants for
Hydrocarbons (Metric Units)

Hydrocarbon Methane Ethane Propane Butene~-l
Molecular Wt 16.031 30.047 44,062 56.11

B, 0.0426000 0.0627724 0.0973130 0.116025
Ag 1.85500 4.,15556 6.87225 9.060

Co X 1076 0.0225700 0.179592 0.508256 0.927280
b 0.00338004 0.0111220 0.0225000 0.0348156
a 0.0494000 0.345160 0.947700 1.682

c x 1076 0.00254500 0.0327670 0.129000 0.274920
o x 1073 0.124359 0.243389 0.607175 0.910889
Y x 10-2 0.600000 1.18000 2.2000 0.0295945
P Pressure, atm

R <~ Gas constant, 0.08207 liter atm/gm-mole °K —>
T Temperature, °K

p Density, gm-mole/litér

Reference 2 2 2 4

Transport properties (viscosity and thermal conductivity) for both
gas and liquid phaseg are determined from residual correlations. Since
there are differences in the methods for calculating thermodynamic and
transport properties of the hydrocarbon fuels, each fuel will be discussed

separately.
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Most of the published data available on the hydrocarbons of interest
are expressed in cgs units. To avoid conversion of the data into English
units, computer calculations are made using cgs units. Conversion factors
are then used to obtain final answers in English units. Equations in-
cluded in the following paragraphs are expressed in cgs units and the
Kelvin temperature scale except for the enthalpy-temperature equations
(Btu/lbm and °R) and where otherwise noted. The methods used to calculate

the properties of the fuels are discussed in the following paragraphs.
2. METHANE
a. Density

Below the normal boiling point the density of liquid methane is repre-

sented by equation F-2.
p=236.3 - 0,0872 T (F-2)

Due to the incompressibility of the liquid in this region the atmospheric
densities are considered applicable to all pressures. Densities above
the normal boiling point are calculated by using BWR equation of state

(equation F-1) for both liquid and gas.
b. Enthalpy

The saturated liquid enthalpy for methane from 173 to 300°R was
determined from a polynomial curve fit (equation F-3) of the data given

in References 5 and 6.

H_ = 60.80066 + 69.0458T + 3.191946Tn2 - 4.895118Tn3 +
5.780765Tn4 + 4.577758T_° (F-3)
where
T = 0.01369863T - 3.383562 and T is in °R

Compressed liquid and gas enthalpies were calculated from equation F-4
as functions of pressure and temperature. Equation F-4 is derived from

the BWR equation in Reference 2.
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H=u"+ {(BORT - 2AO - 4CO/T2)p + (2bRT =~ 3a)p2/2 + 6/5 aap5 +

2 2
2 2 -Yp /Y
cp ( 3 (1 - e-‘rp y - _e;__ +7p2e >} 43.5573 (F=4)

T2 7p2 M

The zero pressure enthalpy (H°) used in equation F-4 is also given in
References 5 and 6 and fitted with a polynomial curve (equations F=3a
and F-5b).

For 201°R < T S 1460°R,

H® = 586.2009 + 412.6456T + 98.2059Tn? + 14.84894Tn? -
17.16396Tn4 (F-5a)
where
T = 0.001587301T - 1.31746
For 1460°R < T < 2100°F
H° = 1093 + 0.9276 (T - 1460) (F-5b)

where
T is in °R
c. Specific Heat

Liquid methane specific heats from 173 to 300°R are obtained by the
numerical differentiation of the polynomial curve representing the
enthalpy-temperature relationship (equation F-3). The specific heats
in the remaining regions (liquid above 300°R, vapor, and gas) are cal-
culated from equation F-6, which was derived by taking the partial
derivative of equation F~4 with respect to temperature at a constant
pressure to obtain "

c =¢°+ -l (B RT - 2A = 4C /Tz)p + (2bRT -~ 3a)p2/2 +
p P oT |0 o s}
e-Wp2

2

~n?
6aap5/5 + cpz/'l‘2 <‘7—§"2' (1L - e P ) - +

2
VPZe—7p >

P (F-6)

The terms enclosed in brackets are evaluated at two temperatures bracket-
ing the given temperature but at the same pressure. The temperature

dependence of Cp° is given in Reference 7 for the hydrocarbons of interest.
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Cp® = 4.75 + 1.2 x 1072(T) + 0.303 x 10'5(T)2 -

2.63 x 10'9(T)3

d. Viscosity

The viscosities for methane in both
correlated by plotting the logarithm of
versus 1n density. Residual viscosity

actual viscosity (M) at any temperature

(F-6a)

the gas and liquid states are
residual viscosity (M-pu*)
is the difference between the

and pressure and the viscosity

at the same temperature and one atmosphere pressure (M¥). Actual viscosity
(4) was obtained from published experimental data and (M¥*) is calculated

using the Hirschfelder equation (References 8 and 9):

5 VMT

g2q

M* = 266.93 x 10 (F-7)

The collision integral () is curve fitted as a function of the parameter,

k T/€. A detailed description of the collison integral @ is contained
in Reference 10. The following is the curve fit of (M- *) as a function
of 1np.
Ifp = 1.3012
In (M-M%) x 107> = 0.907 lnp - 0.1103 (F-8)
If 21.9999 2 p > 1.3012
D = 0.70704403 1np =~ 1.1855030
In (M-m*) x 1072 = 0.041137695 D® + 0.067203522 D’ +
0.091308594 D6 + 0.043525696 D5 +
0.024414062 D* + 0.19119263 D° +
0.31362915 D2 + 1.5425178 D +
1.4961678 (F-9)
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If 28.4005 2P > 21.9999
D = 7.83224885 1np - 25.210553

In (M=-M*) x 103 = 0.10251741 D> + 0.25265281 D +
0.69327272 D + 4.3542343 (F-10)
If p > 28.4005
In (B-p%) x 1073 = 5.40267730 (F-11)

and
M= (M-pw) +p
e. Thermal Conductivity

The thermal conductivity of methane is calculated by using a residual
thermal conductivity correlation. The logarithm of residual thermal
conductivity (K - K¥*) is plotted vs lnp and curve fitted with a poly-

nomial that gives (K - K¥) as a function of p.

If p < 15.0001
D = 0.73853875 lnp =~ 1.0

1n (K - K*) x 10=5 = -0.39219666 D° - 0.13617802 D° +
0.84539795 D/ + 0.27536392 D° -
0.55462646 D° - 0.1265192 D +
0.14646912 D> + 0.020587206 D> +
1.8664937 D + 0.61243562 (F-12)
If 15.0001 < p < 23.0009
D = 4.6789756 lnp - 13.6709
ln (K - k%) x 10™° = 0.033517431 D> + 0.4181240L D +
2.9495558 (F-13)
If 23.0009 < p
D = 10.167236 lnp - 32.879309
In (K - K*) x 105 = -0.0075839148 D> + 0.0043566285 D> +
0.25289536 D + 3.6421521 (F-14)

For temperatures above the critical point, K* is given by equation F-15
from Reference 11.

K%\

C *
P

< 10% = (14.52 T - 5.14)2%/3

(F-15)
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Below the critical point K* is found by using the equation F~16

K*N =5

R 0.455 x 10 Tr (F-16)
P

and

K = (K - K¥) + K* (F-17)
3. METHANE - ETHANE BLEND
a. Density

Saturated liquid densities from 143°R to the critical point for the
55% methane = 457 ethane blend are determined from a polynomial curve
fit (equation F-18) of data from the Institute of Gas Technology. Below
the bubble point at 1 atm, the fluid is considered to be incompressible.
Liquid densities for 2000 and 3000 psia from the bubble point at 1 atm

to the critical temperature are given by equations F-19 and F-20.

For saturated liquid

T = 0.0009661835 T - 2.381642
p = exp (3.406605 - 0.1599578 T_ - 0.05128347 Tnz) (F-18)
For P = 2000 psia
T = 0.008888889 T - 2.813333
P = exp (3.289638 - 0.2392909 T, - 0.06437952 Tnz) (F-19)
For P = 3000 psia
T = 0.008888889 T - 2.813333
P = exp (3.304783 - 0.1898683 T - 0.03577048 Tnz -
0.01757840 Tn3) (F-20)
where
.. 3
p is in lbm/ft
and

T is in °R.

Intermediate densities are calculated by a linear interpolation with
respect to pressure between equations F-18, F-19, and F-20. All other
densities are calculated using the BWR equation (equation F-1). The
constants for the BWR equation pertaining to mixtures are defined as

functions of the individual consituents (methane and ethane).
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Bo= 2 x, B,
i i Toi

== 2
a0 =[2Gy ay 1/2)]
Co=12 (x,C 1/2)]2
| 1 i “oi
b= |2 (x, b, 1/3) 3
1 1T 1
_ [z 3 )
a ¢ (Xi a; 1/3)
13 -
= [z )
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i i ¥

b. Enthalpy

Since no experimental enthalpy data were available for the 55% methane -
45% ethane blend, a method was developed to estimate an enthalpy-temperature

diagram. This method requires two basic assumptions, which are as follows:

1. The total enthalpy of the blend was the sum of the individual
component enthalpies (no heat of mixing)

2. The introduction of the ethane into the methane had no
effect upon the heat of vaporization of methane for a given
AT from the critical temperature.

The only effect of the ethane introduction was to shift the methane criti-
cal temperature to the critical temperature of the blend. A similar effect

was assumed for the ethane.

The first assumption allows the estimation of the superheated and
low=-pressure vapor regions of the diagram. Since the critical temperature
and pressure were known from Reference 12, the second assumption makes it
possible to calculate the enthalpy of the saturated liquid by superimposing
the domes of each component so that the critical temperature of each
component occurred at the blend critical temperature. Then, by using
the properly weighted average of each component, the latent heat of
vaporization was computed as a function of AT from the critical tempera-
ture. This calculation yields the enthalpy of the saturated liquid since
both the enthalpy of the saturated vapor and the latent heat of vaporiza-

tion are known as functions of temperature. The tie lines shown on the
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methane~ethane blend enthalpy diagram (figure F-8) are also from Ref-
erence 12 by virtue of the bubble point and dew~point lines presented
for the mixture., The resulting enthalpy diagram was fepresented by a

bivariant table for computerized calculations.

¢. Specific Heat

The procedure used to calculate specific heat for the methane-ethane
blend consists of determining the enthalpy change (AH) for an incremental
temperature change (AT = 1°R) at constant pressure and using the rela-
tionship Cp = (AH/AT). Enthalpies at any state are calculated using

the procedure outlined in paragraph 3b.
d. Viscosity

Viscosities for the blend in both the liquid and gas regions can be
determined from a plot of residual viscosity. The equation used to
calculate the viscosity of the blend at one atmosphere is determined by

using Wilke's equation (F-21) given in Reference 13.

m
TR T N (F-21)
e m
[1.0+-)-(— d)me] [1.0 +3(_¢em}
m e
where i
o \2/y 1742
1.0 +| -2 =
| Mo M
Pre T T N
2v2 (1.0 + -2
| ( M>
[ 2 1/4]?
_ | #m e
¢%m s M 1/2
2v2 (1.0 +—?—>
| ( Yo

The subscripts m and e refer to methane and ethane. The equations for

the curve fit of (M -M%*) vs p are as follows:
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If p <0.5
D = 1.242670 lnp + 1.861353
M-p* = exp (-16.35109 + 0.8283588 D) (F-22)

If 0.5 < p <14.0
D = 0.6002035 lnp - 0.5839707
B-* = exp (-13.71449 + 1.864589 D + 0.1261698 D* +

0.1215274 D> + 0.06594565 D) (F-23)
If p 2 14.0
D = 2.182713 lnp - 6.760303
M-p® = exp (-10.52535 + 1.336846 D + 0.4254688 D -

0.04043832 D + 0.5200037 D + 1.473565 D° -
0.6350878 D° - 2.141313 D’ + 0.3761332 D° +
1.065608 D°) (F-24)
and
K= (=) + p* (F-25)
where
. 3
pis in lbm/ft
and

M is in lbm/ft-sec

e. Thermal Conductivity

Thermal conductivity of the methane-ethane blend is calculated from
a residual correlation. Equation F-26 (Reference 13) is used to calculate

the thermal conductivity of the blend at one atmosphere:

% = -
K 0.5 (KSm + Krm) (F-26)
where
K = 2 X_ K,
sm i i i
1 _ =z it
K i K,
rm i

The equations for (K - .K¥*) are:

1£p < 0.55
D = 1.661167 lnp + 1.993107
(K - K*) = exp (-8.516916 + 0.6907582 D) (F-27)
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If 0.55<p £13.06
D = 0.6314347 1np - 0.6225051
(K - K*) = exp (-5.980042 + 1.911614 D + 0.1098717 p? +
0.04439277 D) (F-28)
Ifp > 13.06
D = 2.028821 lnp - 6.213164
(K - K*¥) = exp (-3.11672 + 0.8741091 D + 0.1057057 p? +
0.1029658 D° + 0.06155806 p* -
0.01462934 DS) ' (F-29)
and
K = (K - K¥) + K* (F-30)
where :
K is in Btu/hr-ft-°R
and
p is in 1b /£e3
m
4. PROPANE

a. Density

Below the normal boiling point, the density of propane is calculated
by the equation
P = (0.8261 - 0.001096 T) 22.65 (F-31)
At all temperatures above the normal boiling point, density is calculated

using the method used for methane.
b. Enthalpy

The saturated liquid enthalpy of propane from 164.3 to 595°R was
determined from a polynomial curve fit (equation F-32) of the data given
in References 5 and 6.

Hs = 137.7276 + 139.5612 Tn + 23.57331 Tn2 - 27.42277 Tn3 -

220.2665 Tn4 + 144.8025 Tn5 + 765.2504 Tn6 -

199.8298 Tn7 + 983.2995 Tn8 + 106.3663 Tn8 +

440.5010 Tnlo. (F-32)
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where
Tn_= 0.003990423 T - 1.658419
and

T is in °R

Because of the incompressibility of propane in the liquid phase at the
pressures of interest, equation F-32 is also used to calculate comprgssed
liquid enthalpies. The enthalpies for the remaining state points are
calculated as a function of pressure and temperature by using‘equation
F-4, The zero pressure enthalpy (H°) used in equation F-4 is given by .

equations F-33 and F-34.

For 414°R < T £ 1700°R

H° = 654.6950 + 457.1841 x T, t 112.8528 x Tn? -
48,01331 x Tn?‘+ 36.88433 x Tn4 . ‘ (F-33)

where

Tn = (,001557996 T ~ 1.648593
and for

1700°R < T = 2100°R

H° = 1134.0 4+ 0.5056 (T - 1700) : (F-34)
where

T is in °R
c. Specific Heat

Below the normal boiling point a constant liquid specific heat for
propane of 23.5 cal/gm-mole-°K is used. Above the normal boiling point,

specific heat is calculated using the method used for methane.
d. Viscosity

Viscosity of propane is determined in the same manner as methane.

The equation used to calculate viscosity at 1 atm is as follows:

p# = 266.93 x 107 V2T (F-35)
g Q
Equations for the curve fit of (M- M%) vs p are as follows: °

1f p = 0.5005
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If - 0.5005 < P 521_.9780
D = 0.52851475 1lnp - 0.63313

In (M-M%) x 1070 = 0.2245 D7 + 0.1647 D°

- 0.292385 D° -

0.131162 D* + 0.243959 D> + 0.139996 D> +

2.865838 D + 7.11 (F-36)

If 21.9780 < p £32.9991
D = 4.9326 lnp - 16.24159

In (M-p*) = 10°° = 0.041159 p* + 0.05796 D> +

0.074249 D2 + 0.6491676 D +
10.917767 (F=-37)

If p 232.9991
D = 6.03009 lnp - 22.0423

In (=% x 107 = 0.97673 0® + 1.29143 D° -
0.27377 D4 - 0.33330 D3 +
0.704704 D2 + 1.44707 D + (F-38)
and 12.63167
M= (M-p*) +u* (F-39)

e, Thermal Conductivity

Thermal conductivity of propane is calculated using the same type
correlation that was used to calculate methane thermal conductivity.
The equation used to determine K¥* is:

K#*A

c *
p

The curve fit equations for (K - K¥*) versus density are as follows:

If p < 7.2727

x 10% = (14.52 T - 5.14)2/3 (F-40)

1.145

(R - K¥) = 0.02075P (F-41)
1f p 27.2727
(K - k%) = 0.92p" 20 (F-42)
and
K = (K = K¥) + K* (F-43)
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5. BUTENE~-1
a, Density

Below the normal boiling point, density is calculated by a polynomial

curve fit of data given in References 5, 14, and 15:

0.005839416 T - 1.919708
exp (3.808464 - 0.1261802 Tn - 0.1021148 Tnz - -
0.009013067 Tn3 + 0.06139752 Tn4)

T

n
p
(F-44)
where: . -

T is in °R
and

. 3
P is in 1b /ft
m

For all temperatures above the normal boiling point, density is calculated

using the method used for methane.
b. Enthalpy

Saturated liquid enthalpy for butene-l1 from 168.4 to 650°R was de-
termined from a polynomial curve fit (equation F-45) of the data given in

references 5 and 6.

H_ = 146.3458 + 155.787 T + 1.046343 Tn? £ 53.6013 T > +
150.8771 Tn4 - 141.8474 T - 317.8708 T, +
144.538 T/ + 203.0093 T 8 (F-45)
where
T = 0.0034602 T - 1.588235
and

T is in °R
Because of the incompressibility of butene-1 in the liquid phase
at the pressures of interest, equation F-45 is also used to calculate
compressed liquid enthalpies. The enthalpies for the remaining state
points are calculated as functions of pressure and temperature by using
equation F-4, The zero pressure enthalpy (H°) used in equation F=4

is given by equations F-46 and F-47.
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For 480°R < T = 1760°R
2 3

H® = 555.146 + 467.6889 T, + 126.2882 T, - 21.8505 T, +
22.51021 Tné - 11.0125 'I‘,n5 - 14,4352 Tn6 -
10.49382 Tn7 (F-46)
where
Tn = 0,00125 T - 1.2
and for
1760°R < T < 2100°R
H° = 1125 + 0.84326 (T - 1760) (F=47)
and

T is in °R
c. Specific Heat

The procedure used to calculate specific heat for butene-l consists
of determining the enthalpy change (AH) for an incremental temperature
change (AT = 1°R) at constant pressure and using the relationship
(%)z AH/AT. Enthalpies for any state are calculated using the procedure
outlined in paragraph 5b.

d. Viscosity

The viscosity of saturated liquid butene-1 from 168.4 to 480.73°R
(normal boiling point) is given by a polynomial curve fit of the data

presented in Reference 14,

D = 0.01503759 T - 3.511278
M= exp (-6.558496 - 1.469023 D + 0.5461106 D2 -
0.2365479 D3 + 0.1746158 D4 - 0.08284349 D5 (F-48)
where
T is in °R
and

Mis in lbm/ft-sec

The viscosities of both gas and liquid butene-1 above the normal boiling
point are determined from a residual viscosity correlation. The viscosity
at one atmosphere (M%) is calculated using the Flynn and Thodos equation

(Reference 16):
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IfFT < 1.5
r

3.0 x 107° (Tr)o'94 (F-49)

M
I£fT > 1.5
r

pxE = 17.78 x 10" (4.58 T - 1.67)°78 (F-50)

The residual viscosity of butene-l is given by:
If p S3.44 ' -
D = 0.02055273 1lnp - 1.5139229
M-M* = exp (-16.72008 + 1.700598 D) (F-51)

If 3.44 < p <17.0
D = 1.251766 1np - 2.546521
L- % = exp (-12.77754 + 1.714417 D - 0.5131499 D) (F-52)

If p >17.0
D = 2.408628 1np - 7.824157

M-p* = exp (-10.48283 + 1.047840 D + 0.2850519 D2 +
0.08635191 D3) (F-53)

and

M= (M- +
where

.. 3

p is in lbm/ft

T is in °R
and

U is in lbm/ft—sec
e. Thermal Conductivity

The thermal conductivity of saturated liquid butene-l from 168.4°R
to the normal boiling point is given in Reference 17. The thermal con-
ductivity of butenme-l above the normal boiling point is given by a
residual thermal conductivity correlation. The thermal conductivity
at 1 atm is calculated using the equation used for propane. The residual

viscosity is determined by using the correlation presented in Reference 18.

If p< 0.5 5 0.5350, R
(K - RNz~ = 14.0 (e -1.0) x 10 (F-54)
1f 0.5 S p< 2.0
Tr
s 0.670_ 8
(K - K¥)\ 2> = 13.10 (e - 1.069) x 10 (F-55)
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5 1.155p -8
(K - RKF\ 2~ = 2.976 (e T+ 2.016) x 10
and
K = (K - K¥) + K*
6. APPENDIX F NOMENCLATURE
Symbol Description
CP Specific heat at constant pressure
CpO Specific heat at zero pressure
Cp* Specific heat at one atmosphere
D f (P) for evaluation of residual transport
properties
H Enthalpy
H° Enthalpy at zero pressure
HS Enthalpy of saturated liquid
k Boltzmann constant
K Thermal conductivity
* Thermal conductivity at one atmosphere
M Molecular weight
P Pressure
P. Critical pressure
Py Saturation pressure
R Gas constant, 0.0807
T Temperature
Tn Normalized temperature for calculating
enthalpy and density
c Critical temperature
T, Reduced temperature, T/TC
We Weight fraction
X Mole fraction
P Density
P Density of saturated liquid
[0 Reduced density, p/pz

PWA FR-2552

(F=-56)

(F-57)

Units
caifgm-mole °K
cal/gm-mole °K

cal/gm-mole °K

Btu/1b
m

Btu/1lb
m

Btu/lby

cal/cm sec °K

cal/cm sec °K

psia

atm

psia

liter atm/gm-mole °K
°K

°K

°K

gm-mole/liter
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2

Symbol

A
3

n

”7’:‘

€
g
Q

Description Units

Characteristic constant, Tcl/6 Ml/%/£C2/3

. 1/6/.1/2 _ 2/3
Characteristic constant, Tc ///M / Pc /
Viscosity centipoise
Viscosity at one atmosphere centipoise
Leonard Jones constant

Effective collision diameter for molecules Angstrom units

Collision integral
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Figure F-9, Vapor Pressure of Propane DF 60382
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APPENDIX G
THEORETICAL PERFORMANCE CURVES

Figures G-1 through G-10 present theoretical shifting equilibrium
performance data for the five fuels (methane, 55% methane - 457% ethane,
ethane, propane, and butene-1) with optimum flox mixtures and 0F2. All
data were computed for fuel temperatures 10°R above normal freezing
points. The values used for F, and OF, enthalpies were -145.8 and
+65 Btu/lb, respectively, which correspond to the enthalpies of the
oxidizers at their normal boiling points. The OF, enthalpy value re-
flects the latest heat of formation value of +5.86K cal/mole, based on

NBS determination, for the gas at 298°K.

Figure G-1. Theoretical Performance: Flox/Methane DF 60409
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Figure G-10. Theoretical Performance: DF 60418
0F2/Butene-l
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