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PRECEPING PAGE BLANK NO 
FOREWORD 

The Mars "Hard Lander" Study Final Report is divided into four volumes and 
bound in eight books. The titles of the volumes and a brief description of the com- 
tents of each book are presented below. 

VOLUME I - SUMMARY (CR-66678-1) 

Volume I contains a summary of the study activity, the conclusions reached, and 
a description of a possible design implementation suggested by the study results. 

This study indicates that meaningful scientific payloads of approximately 1500 
pounds can be placed on the lMars surface, survive for several months, and transmit 
more than a hundred million bits of data to Earth. 

In addition, the study provided data which shows that a smaller Capsule of 700 to 
900 pounds has the ability to transmit approximately 10 million bits of imagery and 
additional scientific surface data. 

VOLUME I1 - MtSSION AND SCIENCE DEFINITION (CR-66678-2) 

Volume I1 contains a description of the 'reference' mission plans, both direct entry 
and out-of-entry, the mission analyses conducted to define the reference plans, the 
assumed Mars models considered, and the science definition tasks accomplished to se- 
lect entry and surface science packages/measurement sequences specifically designed to 
satisfy LRC's scientific goals. 

VOLUME I11 - CAPSULE PARAMETRIC STUDY (CR-66678-3, -4) 

A discussion of the analysis and results derived in determining the Capsule sub- L x L  

systems' design characteristics parametrically is provided for the range of assumed 
Mars Models and the reference mission plans. The synthesis of these subsystems 
into complete Capsule systems is presented in terms of Capsule performance, total 
imagery data obtainable, and surface lifetime. 

CR-66678-3 presents the Capsule System Parametric Synthesis and Entry and Re- 
tardation Subsystem Studies. CR-66678-4 presents both studies of the Lander and 
Re-entry Subsystems and Appendices associated with the Parametric Study. 

VOLUME IV- CAPSULE POINT DESIGNS AND SUPPORTING ANALYSES 
(CR-66678-5, -6, -7, -8) 

Volume IV contains a presentation of the detailed Capsule 'Point Designs', and their 
supporting analyses, derived to identify specific hardware approaches, weights , and sys- 
tem configurations; and confirm the correctness of the parametric resdts. In addition 
to the Capsule's engineering and design details, the results include development status, 
probability of success, and constraints imposed on the Orbiter by the Capsule mission. 

iii 



CR-66678-5 contains a definition of the Capsule Point Design Requirements and 
descriptions of Point Designs 1 and 2. CR-66678-6 contains descriptions of Point 
Designs 3 and 4 and CR-66678-7 of Point Designs 5 and 6. CR-66678-8 provides 
additional information on Impact Attenuation, Surface Environment Definition, Effects 
on Point Designs due to Variations in Assumed Design Parameters as well as the 
Effects of a Lander on the Mariner Orbiter. 
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4. LANDER S U B S Y S T E M S  



4. SUBSYSTEMS 

4.1 SURFACE SCIENCE 

4.1.1 SCIENCE PARAMETRIC DATA 

This section is concerned with the parametric data resulting from the scientific 
requirements defined in Volume 11. The number and types of possible parametric 
studies are  limited by the state of development of some of the candidate payload 
science instrumentation. They are  also limited by the discrete rather than continuous 
nature of the characteristics used to describe instrumentation, i. e., sensitivity, 
accuracy, and bandwidth. The type of studies that can be readily performed typically 
involve the interplay between measurement implementation and Capsule subsystem de- 
sign. Two examples a re  : l) the achievable atmospheric measurement accuracy dur- 
ing entry as  a function of ballistic coefficient, sensor errors,  and sampling rates; and 
2) photoimaging deployment conditions as a function of boom lengths, weight, and vi- 
bration characteristics. 

Aside from such studies, the science payload can be considered as a black box 
with a set of known interfaces with the remaining Capsule System. The effect on the 
Capsule System from perturbations in values which characterize these interfaces 
forms the basis for extensive system parametric studies, Table 4.1.1-1 presents a 
summary description of the minimum and expanded science subsystems which form 
these black boxes. It is recognized that variations to this complement are  feasible 
and such variations would be dealt with parametrically in the same fashion as des- 
cribed here. 

Consistent with the concept of characterizing the science subsystems as  black 
boxes, it is possible to identify generic problem areas that may be parametrically 
evaluated, In summary, the more significant problems are: 

1. - the requirement to harden to as high as 
several thousand g's poses potentially serious problems in Capsule 
volume requirements (for adequate three dimensional stroke dis- 
placement) and weight requirements (from instrument redesign). The 
present situation on the requirement definition is unresolved since 
further design work must be done by the instrument developers. 

2. Photo Imaging Data Loads - the photo imaging experiment produces the 
majority of data for transmission. A s  such, the increase in total 
number of images, the use of stereo, and the use of color can readily 
triple the data load requirements, The impact on the total Capsule 
System design requires full  evaluation but preliminary results indi- 
cate several design solutions are possible to handle the data load 
perturbation. 
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3. 

4. 

5. 

6 .  

Complexity of Deployment Schemes - the use of sophisticated de- 
ployment schemes to accurately place sensors, to move them to 
new sites, and to permit fine adjustments involves weight, power, 
and volume penalties that propagate through the Capsule system 
design. Studies on the simpler deployment schemes (cameras, 
wind detectors, temperature probes, etc. ) do not impose ex- 
cessive penalties, while the more sophisticated schemes require 
more development before their effects can be assessed. 

Sampling Processes - Several experiments (mass spectrometer, 
gas chromatograph and water detection) require unique sampling 
methods that involve rigorous deployment requirements and 
detailed monitoring techniques. Their implementation can in- 
volve significant perturbations to the Capsule systems. Adequate 
studies to delineate the sampling requirements are still required, 
so that the effects on the interface subsystems are  undefined. 

Reliability - the results of reliability studies on sensor per- 
formance can lead to the use of redundant instruments which will 
have an obvious influence on the Capsuledesign. For example, the 
reliability in the facsimile camera head completing several ro- 
tations appears exceedingly low. The use of several devices there- 
fore appears warranted. 

Sterilization - the requirement to use sterilizable instruments can 
force either elimination of given experiments o r  the redesign of 
specific items. In either case, there will exist attendant changes 
in the Capsule system. At present, most of the items in the black 
boxes appear capable of sterilization and will most likely have a 
small overall perturbing effect. 

The present parametric study onphoto imaging addresses two of these problem 
areas. An evaluation is made of the viewing conditions as a function of boom place- 
ment and height andLander design and orientation. The studies aid: 1) the under- 
standing of the variability in the amount or planetary surface seen as a function of 
Lander attitude and 2) the definition of boom weights to minimize vibrations and maxi- 
mize information content. 

4.1.2 PHOTO IMAGING 

The prime task of the landed science subsystem is to acquire photographic 
recordings of the planetary surface within a given bit constraint. The magnitude of 
the bit limit (1.02 x lo7 bits) for the minimum imaging mission has resulted in the 
choice of a photographic mission in which four high resolution and four low resolu- 
tion pictures are taken in four mutually orthogonal directions--the so-called 
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'Maltese Cross' configuration. The position of the camera (or cameras) must be such 
that the four picture formats contain the maximum amount of planetary surface. The 
random nature of some of the properties governing the constitution of the format 
mentioned above, such as  the tilt of the landed spacecraft and the final form of the 
crush-up material, precludes a specific figure for the percentage of the surface in 
the total format being given. The objective of this section therefore will be to 
describe the study that has been pursued in order to place limits on the effects of 
these uncertainties and where possible to show how engineering design can improve 
surface coverage. Fig. 4.1.2-1 shows the 'Maltese Cross' configuration. Fig. 4.1.2-2(A) 
shows the shape of each format as suggested by NASA/LRC, a70° x25O format andnested 
within it the 5" x 5" high resolution format. Fig. 4.1.2-2(B) shows aformatsuggested 
by GE/RS of 60" x 29" which also has the 5" x 5" high resolution frame nested within 
it. The position of the high resolution frame relative to the res t  of the format for 
fig. 4.1.2-2 (A) and (B) is not necessarily the final position that will be adopted. 

4.1.2.1 Lander Geometry 

The Lander instrumentation is contained in a disc-shaped container to the periphery 
of which is attached the crush-up material. Detailed drawings of the configuration are  
given in Volume IV, but it is sufficient for the purposes of this section to use a simpler 
diagram. This is shown in fig. 4.1.2-3,which is one half of a symmetrical radial 
section through the Lander. The dimensions identified a re  necessary to provide the 
required imaging data and may not appear on the engineering drawings of a similar 
section; their significance will be briefly described. A camera (A) is mounted on a 
support (xA)a distance (x)from the axis of symmetry of the landed vehicle. The upper- 
most edge of each photographic format is normal to (A) andfor the singular case of a 
perfectly horizontal vehicle, this ray will be just  above the horizon for a perfectly 
spherical planet. At some angle (90 - Q1 )of declination a ray of light will just  glance 
the edge of the uppermost section of crush-up (assumed uncrushed) and will intersect 
the surface at a point 0. APO represents the distance (called the glancing ray length) 
multiplied by the IFOV that gives the ground resolution; the length of APO is a 
function of the vehicle attitude relative to the horizontal. The distance of P from the 
axis of symmetry is R; the height of the camera above P is HCAM and from P to the 
surface is HCAP. HCAP will be a function of the length of the crush-up stroke and 
for calculation of the minimum APO the maximum crush-up stroke of 9-1/2 inches is 
used,giving rise to an HCAP minimum of 27 inches as shown. In a typical photo- 
imaging sequence the camera will be initially offset from the direction XP by an 
angle cp , cp being measured in the plane normal to the plane of the figure. The imaging 
sequence of events is started by a movement of a mirror such that a vertical scan 
occurs at the edge of the field (q from XP) by the IFOV in a vertical direction Q = 90" 
to CY = 20" say) this sequence is repeated 2 cp /IFOV times in synchronism with an 
azimuthal movement of the camera that enables it to cover an angle f cp about the 
direction XP. The camera is then rotated (90 - 2 cp) degrees and the whole sequence 
is repeated, thus the second of the four fields of view is imaged: the process is 
repeated two more times to complete the 'Maltese Cross' pattern. As the camera 
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Figure 4.1.2-1. View of Low Resolution Photo Imaging Format - Elevation 

70 

Figure 4.1. 2-2. View of Photo Imaging Formats - Plan 
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Figure 4.1.2-3. Radial Section of Lander 

rotates about the axis of symmetry the inclination of the Lander causes the scene 
content to vary: this variation can best be described with reference to fig. 4.1.2-4.  
As cp increases L increases and since AX remains constant cx is proportional to 
tan -1 L. The tilt of the vehicle due to local protuberances and crush-up asymmetry 
is 
axis (9 = 0) andthe intersection of the vertical plane through the highest and lowest 
points of the vehicle and a horizontal plane through the landed space craft. The atti- 
tude of the landed vehicle relative to the local surface cannot be determined,since 
random phenomena are involved. A maximum value of 
ing the inclination of the craft for one end fully crushed and the other resting on a 
5-inch rock; the minimum value of is zero. 

;6 (the camera axis displacement angle) is the angle between the camera reference 

has been chosen by calculat- 

It is clear from the diagram that when c11 is less than the angle to APO, the edge 
of the crush-up enters into the field of view, In addition for # 0 there are camera 
positions where the line normal to AX lies above the horizon. In both cited cases 
some of the format consists of sky and lander so that the space available within the 
format for surface imagery is diminished. In order to minimize the amount of 
format consisting of unwanted subjects,HCAM and x(QX) can be varied so that the 
intrusion of the crush-up into the format is minimized. In order to effectively 
cover a wide range of possibilities a computer program was written. 

4.1.2.2 Parametric Computer Program 

A main program called 'BOOM' and a subroutine called 'MINDIST' have been 
written for the GE deskside computer. The main program calculates the percentage 
of surface coverage in each format for all variations of , a and 6 that are inserted 
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CAMXRA AXIS DISPLACEMENT ANGLE 

Figure 4.1.2-4. Lander Geometry From Above 

as inputs. The sum of the four separate formats is obtained and the average per- 
centage of surface imaged is given as one of the outputs. The subroutine is used to 
calculate the minimum value of APO resulting for each configuration, since this 
distance is required for the camera design and also used in the determination of 
maximum ground resolution attainable. The values of the variables have been chosen 
to bracket the range covered by the six point designs; this data is shown para- 
metrically. For specific values of the variables it is a simple matter to run the 
program for these values only. In the following section a sample of the outputs and 
graphs drawn up from the program are shown. 

4.1.2.3 One Camera System 

Figs. 4.1.2-5 and 4.1.2-6 show the percentage coverage achieved by a single 
camera that rotates to the four picture taking positions sequentially. At x =  0 the 
camera support is on the axis of symmetry oftheLander; the initial values for the 
camera off axis are for a distance(n)which is expressed as a ratio of the Lander 
parameter R (see fig, 4.1.2-3). In fig. 4.1.2-5,6 = 0 and the variations in percentage 
cover arise out of differing values for and x/R. In fig. 4.1.2-6,the same values of 
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Figure 4.1.2-5. Surface Coverage for One Camera,  6 =O 
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x/R and E are  plotted for 6 = 45'. It is noticeable that for positions of the axis of 
symmetry, (x/R) has very little effect on the coverage at a given HCAM. The same 
is less true for E but the change is only 8 percent for a 20' difference in E. If the 
direction of the camera axis relative to the line of maximum slope of the landed vehicle 
is changed (6  ) once again the effect on coverage is small, increasing with the Lander 
inclination, being about 4 percent for 6 = 45 and E = 20'. However, in order to achieve 
a desirable surface coverage in the region of 75 to 80 percent the camera must be at a 
height of at least 42 inches above the top surface of the landed spacecraft, the camera 
height being the most significant parameter. The weight penalty for raising the camera 
to this height is severe (see para 4.1.1.3) and an alternative method for acquiring this 
coverage is necessary. A further disadvantage of a near the axis camera is the length 
of APO (OAMIN) shown in figs. 4.1.2-7 and 4.1.2-8: it must be remembered that 
OAMIN is the length of APO in the particular case when 6 = 0. In general, for 6 # 0, 
OAMIN will be larger. 

4.1. 2.4 Two Camera System 

To overcome some of the disadvantages of a one camera system, the use of two 
cameras was investigated (see fig. 4.1.2-9). The two cameras are placed at positions 
1 and 2. Each camera has the capability to take both the required high resolution and 
low resolution pictures, and takes pictures along two directions only, e. g., along 
either lA and 1B or lA1 and 1B'. The latter alternative has the capability, in the 
particular case when the direction lA' coincides with the greatest slope, of having 
the highest ground resolution attainable. In the general case, however, the average 
coverage for this case will be somewhat greater than the symmetrical arrangement 
of lA - 1B (see figs 4.1.2-10 and 4.1. 2-11). Taking a typical point design case for 
HCAM = 15 inches at x/R = 0.8, the coverage for 1A - 1B = 85.7 percent and lA' - 
1B' = 73.6 percent. The corresponding OAMIN's taken from figs 4.1,2-12 and 
4.1.2-13 are  for lA - 1B = 48.2 inches and for lA' - 1B' = 45.7 inches, The ground 
resolutions corresponding to these optical arm distances are given in figs. 4.1.2-14 
and 4.1.2-15. For 0.1' IFOV the ground resolution for 1A - 1B = 2.12 mms and for 
lA' - 1B' = 2.03 mms: for the 0.01' IFOV, looking dong the same directions with the 
same OAMIN, the ground resolutions a re  one tenth of those given above. These ex- 
amples are for one camera only looking out in two orthogonal directions; to get the 
percentage coverage and variation with 
account the contributions of the camera situated at position 2. The results of some of 
these calculations a re  given in figs. 4.1.2-16 through 4.1.2-19. In addition to the 
data pertinent to the 70' x 25' format the similar data for the 60' x 29' is presented. 
The 60' x 29' format contains the same number of picture elements as  the 70' x 25', 
so that the total bits remain the same. The advantage of this format shape is that the 
amount of crush-up for a given camera position and height is less. The disadvantage 
is that OAMIN has a corresponding increase and thus presents a trade-off between 
ground resolution and surface coverage. In order to avoid confusion, only the curves 
for the extreme cases of 6 and E are  presented. In fig. 4.1.2-16 an immediate com- 
parison of the influence of E and the selected viewing positions of the camera on the 
various parameters can be measured. For HCAM = 15 inches it is seen that a variation 
of from 0' to 24'causes a percentage cover change of about 12 percent for both view- 
ing directions. Not shown is the effect of changing 6 because this is about 3 percent, 
the same as that for the centrally mounted camera. The advantage of using the ABXY 

and 6 the calculations have to take into 
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Figure 4.1.2-9. Geometry for Cameras Mounted Off Axis 

directions of viewing are clearly demonstrated as an improvement of 1 to 13 percent 
throughout the whole range of HCAM. Fig. 4.1.2-17 repeats the data shown on 
fig. 4.1.2-16 for the picture format of 60' x 29' and again the improvement in cover- 
age at a given HCAM is clearly evident. A t  HCAM = 15 inches for example, 6 = 45', 
E = 0' ; in direction ABXY there is an increase of 12 percent. The ABXY curves 
flatten off because the value of E is such that the horizon intercept is the only feature 
intruding into the field of view. The capsule crush-up is cleared at HCAM = 18 inches 
and since the horizon intercept angle does not alter with HCAM the curves become flat. 
Conversely the A'B'X'Y' curves show that capsule intrusion into the format is still 
occurring at HCAM = 30'. Figs. 4.1.2-18 and 4.1. 2-19 show how the maximum 
ground resolution changes with HCAM and the direction of viewing. Although the changes 
in resolution as a percentage are significant, the absolute values do not alter the capa- 
bility of the system to resolve geological features by a significant amount. 

4.1.2.5 Boom Vibration and Wind Loading 

Owing to the process by which the facsimile camera forms a photographic image, 
careful consideration must be given to the stability of the camera. This is a general 
requirement of all picture taking techniques but is particularly significant in the 
facsimile technique, owing to the non-temporal correlation for different parts of the 
picture format. In general, two aspects of the problem have to be considered; the 
amplitude of the camera motion and the frequency. However, it is preferable to re- 
duce camera motion to an insignificant level, in which case the frequency of the motion 
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becomes irrelevant; this is the approach that has been adopted. A criterion was estab- 
lished for the amount of motion that can be tolerated - this was chosen to be one tenth 
of the instantaneous field of view (IFOV). Therefore, in low resolution pictures an 
angular movement of 0.01' can be tolerated and for high resolution pictures O . O 0 l o  
is acceptable. 

The winds that give rise to the existing forces on the camera and its support vary 
with the VM models; however, the loading they produce on the camera system varies 
over a much smaller range than the wind velocities, owing to the compensating effect 
of the atmospheric density. Therefore, a maximum wind loading was determined that 
covers all the VM models, and the weight of the camera supports were calculated for 
different materials and support dimensions. The appropriate curves are shown in 
figs. 4.1.2-20 to 4.1.2-23. 

4.1.2.6 Summary 

The parametric study has clearly identified, as anticipated, the need to place the 
camera as close to the edge of the crush-up as engineering techniques will allow. This 
is the only practical way of preventing the crush-up from occupying an undesirable per- 
centage of the format. Two other alternatives exist; the first is to use tall camera 
support masts, but inspection of the curves in para 4.1.2.5 shows that this increases 
the weight drastically, for each support has to be stable enough for the 0.01 IFOV. 
The other alternative readily achievable is to have a format that is nearly square in 
shape as  opposed to the rectangle currently under construction. The penalty here is 
that the smallest object on the ground that can be resolved increases in size. 

The current value of HCAM in the point designs is 15 inches, a position off axis 
corresponding to x/R = 0.66 -- this arrangement will yield a percentage cover extend- 
ing from about 80 to 70 percent. An increase of HCAM of 3 inches or x/R of 0.14 
could realize percentage covers of 100 to 80 percent. The study has shown that the 
relative position of camera pointing axis with Lander tilt axis ( 6  ) is insignificant 
causing only a 3 percent change in the worst case. The effect of the tilt of the Lander 
( €  ) has a more pronounce; effect, causing a 12 to 13 percent change in coverage for 
an € change of 0' to 24'. 

The main advantage of the computer program is that parametric or point designs 
can be analyzed for surface coverage very quickly by inserting the appropriate values 
into the program, while general conclusions can be drawn from the extreme cases in 
the manner demonstrated above. 
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4 . 2  TELECOMMUNICATIONS 

4.2.1 INTRODUCTION 

The objective of the Communication System parametric study is to provide sufficient 
information to allow the synthesis of a communication subsystem design which satisfies 
the requirements of a stated reference mission. Two reference missions have been 
defined for the study, one each for direct entry and out-of-orbit entry. A broad range 
of significant telecommunications parameters have been considered which are based 
on the Mhrs '74 communication problem and are directly applicable to the reference 
missions defined. 

Lander communication is initiated upon separation from the Orbiter and two com- 

The requirements of the Communication System, and approaches 
munication modes are considered: a relay link from the Lander to the Orbiter and a 
direct link to Earth. 
deemed most appropriate for the entry and landed phases are presented. For the systems 
used in deriving the parametric curves, the basis for  the calculations a r e  presented. 
The parametric curves enable the major performance characteristics of candidate com- 
munication systems to be readily identified. A brief description of the use of the curves 
and the communication capabilities a r e  presented. 

4 . 2 . 1 . 1  Requirements and Constraints 

The basic requirement of the Capsule/Lander Communication System is to provide 
the data return capability consistent with the mission objectives for each phase of the 
mission. After  separation and prior to entry, the information transmission requirement 
is low, consisting solely of diagnostic information. During entry, the transmission of 
science information is added. In the landed configuration, the information transmission 
requirement varies. Initially, the requirement is significantly increased by the addition 
of high data rate instrumentation, such as imagery. However, during the extended 
mission, the information transmission requirement is again low when the Lander is 
performing a meterological station function. An additional requirement of a reduced 
imagery mission during the extended lifetime again significantly increases the informa- 
tion transmission requirement. 

The Communication System design is constrained by the trajectories and orbits, the 
characteristics and limitations of the Lander, the Orbiter, and the Deep Space Network 
(DSN) as well as the limitations imposed by operating near and on the surface of Mars. 
Some of the major constraints imposed by these various sources are indicated in table 
4.2 .1-1 .  

In addition to satisfying its basic requirements during the entry and landed phases 
of the mission, the Communication System must also provide for status monitoring both 
during Capsule cruise, via an r-f link, andduring Spacecraft cruise, via the Spacecraft 
r-f link, In general, these functions do not place a burden upon the system since its 
design is dictated by the more stringent requirements of the prime mission support 
functions. Hence, the parametric data provided is most useful for the entry and landed 
phases. 
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TABLE 4.2.1-1.  CAPSULE COMMNIUNICATION SYSTEM CONSTRAINTS 

Interface 

Trajectories and Orbits 

Lander 

Constraint 

Communication range 
Range rate 
View angle 
View duration 

Size, weight and power 
Antenna pointing 

Size, weight and power for orbiter mounted 
capsule support equipment 

Antenna pointing capability 
Probability of successful operation 

Breakdown in the atmosphere 
Reflections of r-f signals from the surface 
Surface slope characteristics 

S-band frequencies : nominally 
2295 MHz down-link 
2115 MHz up-link 

85-fOOt antennas, 1 to 3 
2 10-foot antennas 

4 . 2 . 1 . 2  Communication Considerations 

The major function of the Capsule Communication System is to transmit data to the 
DSN stations via a relay station of the Orbiter, or via a link directly to Earth. The 
system supports Capsule operations through all mission phases from prelaunch check- 
out to the end-of-mission. The system performs the following operations: 

1. Conditions, multiplexes, encodes and provides storage for the Capsule engi- 
neering and science data signals. These engineering signals include Lander 
environmental data and subsystem performance monitors for operational and 
diagnostic functions. The science signals include atmospheric data during 
Capsule descent into the planet atmosphere as well as on the surface and 
imagery data from the surface. 

2. Modulates an r-f carrier with the data information for transmission, either 
directly to Earth or to the Orbiter for relay to the stations of the DSN. 
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Amplifies the r-f signal and provides the antennas required. Supports tracking 
if required. Receives command transmissions from the DSN. 

3. Detects and decodes commands for the Capsule subsystems. The entry and 
landed phases of the mission constrain the design of the Communication system. 
Required operations during the other mission phases are also taken into account, 
but are not generally controlling factors. 

Both the direct link from the Lander to the DSN stations, and the relay link via the 
Orbiter are considered to satisfy the Lander data transmission requirements. Both 
types of links can be designed to satisfy the communication requirements for all phases 
of the mission with the exception of the direct link for real time transmission during 
descent. The need for rapid reacquisition of the signal by the receiver following signal 
loss due to blackout or  multipath-fading makes implementation of a direct link during 
entry more difficult to achieve. Studies of coning motion for the vehicle from separation 
down to where density damping occurs, near Mach 5 in the trajectory, reinforces the 
great difficulties attendant with implementing a direct link. 

For equal transmitted power, the performance capability of the relay link is much 
greater than for a direct link in any mission phase, unless an Earth pointing antenna is 
used. In such a case, this Earth pointing antenna must provide a gain exceeding the 
combined gain for the relay antennas by about 30dB. For small vehicles where size 
and packaging complexity of the large antennas is difficult, the outstanding advantage of 
the direct link is the operational independence of the Lander from the Orbiter. 

The capability of relay links to the Orbiter for both entry and landed phases and of 
direct links to the Deep Space Network (DSN) for the landed phase, a re  presented in 
parametric curves which follow for a wide range of transmitter powers and antenna 
gains. The relay link is discussed first, followed by the direct link. A summary com- 
parison is made of the relative energy efficiency of the various systems. The rationale 
for the choice of candidate systems, a description of the systems, and the parametric 
curves from which the performance of the systems can be determined, a r e  given for 
both links. 

4.2.1.2.1 Relay Communication Mode 

The entry and landed phases of the mission are of particular importance in the design 
of a relay communication system. During the entry phase, both real time transmission 
(interlaced with time delayed data) of the data collected during entry, as well as storage 
of the data for transmission after impact, o r  a mixture of the two, a re  approaches for 
retrieval of the entry data. The real time transmission approach provides the capability 
to obtain data on the characteristics of the atmosphere and on the vehicle performance 
prior to the hazards of landing. 

A. Modulation and Detection 

It is assumed that all of the data to be transmitted is in binary form. The most 
efficient means for r-f transmission and detection of binary data is phase shift keying 
(bi-phase modulation) with coherent detection. The implementation of a coherent r-f 
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detection system in the Orbiter for use during the entry phase is faced with many of the 
same problems described for the direct link during entry. It is more complex to imple- 
ment than a non-coherent link. The latter can be implemented to meet the entry phase 
communication requirements without unduly taxing the Capsule power system for the 
relatively short (about one-half hour) operating time required. Such a non-coherent 
system is achievable with a low gain, broad beamwidth antenna on the Lander, so that 
no additional penalty need be incurred for  attitude control. Therefore, a non-coherent 
FSK system is selected for the purpose of the entry mode study. Further, bi-phase 
modulation of the binary data on a square wave subcarrier of a frequency equal to the bit 
rate (split phase or Manchester coding) is recommended to reduce the problem of 
maintaining detector balance in the receiver, and to provide symbol synchronization. 
The parametric data provided for  the non-coherent FSK is applicable for both the entry 
and landed phases. 

Communications after landing may take place either when the Orbiter is near 
periapsis or when it is near apoapsis. Near periapsis the period of mutual visibility is 
about 15 minutes for ranges less than 3000 km. The doppler shift and rate of change of 
doppler shift are relatively high during this period. N e a r  the horizon, variations in the 
lander antenna pattern may cause fading of the received signal at the Orbiter. Even 
though an FSK system is about 5 dB less efficient than a PSK system for high data rate 
implementations, the lesser complexity of the FSK system may outweigh its poorer 
performance. For communication near apoapsis, the range is longer (on the order of 
35,000 km for the 1000 x 33,000 km orbit) and the duration of mutual visibility may be 
several hours; therefore the higher efficiency of the coherent link may warrant ist 
selection. 

B. Antennas 

In the parametric data given in para 4.2.2.2 the total gain of both the Lander and the 
Orbiter antennas is taken as a variable parameter. Antennas which are fixed to the vehicle 
are desirable for both the Under  and the Orbiter from a reliability standpoint. The gain 
achievable with a fixed antenna is low because of the wide angular coverage requirement 
(typically 90' minimum). The selection of a relatively low frequency (i. e. , 400 MHzj 
allows a large aperature to be used and still obtain the broad beamwidth required. 

The broad beamwidth requirement is obtained by requiring the antenna pattern to be 
symmetrical about the roll axis. If, during the entry phase, the Capsule roll attitude were 
fixed, the U n d e r  antenna pointing could be biased toward the Orbiter. The "Capsule look 
angle" is actually the angle between the Capsule velocity vector and the line-of-sight 
(LOS) to the Orbiter. During the entry phase, the Capsule center line is not always 
aligned.with the velocity vector; however, the deviation for a particular method of oper- 
ation can be taken into account by creating an envelope around this nominal angle. 

Once the Lander has impacted on the surface, the Orbiter passes overhead and the 
look angle moves to the other side of the Lander. During subsequent communication 
periods, the Orbiter LOS moves from one side of the Lander - to overhead - to the other 
side, and thus establishes the broad beamwidth requirements for the Lander. 
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C. Transmission Frequency 

Previous studies (refs. 4-1 through 4-3) of relay links for Mars  entry vehicles have 
concluded that the optimum frequency is in the 100 to 400 MHz range. The recent Orbiter 
and Lander design studies have been centered around 400 MHz. 

As discussed above, the gains of both transmitting and receiving antennas are 
limited because of the broad beamwidths needed for fixed antennas. As a result, the 
effective aperture of the receiving antenna must be reduced as the transmission fre- 
quency is raised, indicating that a low transmission frequency will be more efficient. 
Low frequencies are also desirable because the efficiency of converting prime lander 
power to r-f power is higher. In addition, for a non-coherent detection system the use 
of low frequencies reduces the pre-detection bandwidth required to account for frequency 
drift and doppler shift, resulting in improved system performance. On the other hand, 
at the lower frequencies, high external noise power exceeds the advantage of the increased 
aperture of the receiving antenna. Furthermore, the size of the efficient antennas becomes 
ungainly and imposes severe constraints on the Lander and Orbiter configurations. An 
optimization study will be performed before the selection of a final design but for the 
purposes of this study, the frequency selection is not critical. 400 MHz has been chosen 
as the nominal frequency to aid the comparison of the current results with those of 
previous studies. 

D. Transmitter Power 

The allowable Capsule transmitter power is constrained by the availability of Lander 
prime power, but it is also desirable to limit it to a maximum of about 50 watts to avoid 
r-f electrical breakdown as the Capsule descends into the atmosphere. If the antenna 
breaks down, its performance is degraded, thus reducing the transmitted power level 
because of absorption and VSWR changes; the radiation pattern is also affected. The 
breakdown power level is a function of the atmospheric pressure and composition as well 
as the antenna configuration and transmission frequency. Numerous investigators 
(refs. 4-4 and 4-5) have established that for conventional antenna types such as monopoles 
and slots, the critical pressure for breakdown varies inversely with transmission 
frequency. At  400 MHz, the critical pressure is about 4 mm Hg o r  about 0.5 millibars, 
which corresponds to altitudes from 15 to 60 km for the range of Mars  atmospheric models. 
Thus, breakdown is of greatest concern during descent, although once initiated it will 
persist to higher pressures than that which would initiate breakdown. 

A basic goal of the antenna design approach is to avoid breakdown by reducing the 
maximum electric field strength. Avoidance of sharp edges, increasing the diameter 
of rod elements, end loading, and foaming or  potting at regions of greatest stress are 
effective means of providing higher power handling capability. Based on experimental 
work carried out by General Electric and others, 50 watts appears to be a conservative 
upper value of transmitter power from the standpoint of breakdown and has been chosen 
as an upper limit for the current study. 
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E. Bit Error Probability 

The relay link bit e r ror  probability has been assumed to be 5 x for the total link 
returned to the DSN stations on earth. This is based upon previous studies, in particular 
the "Voyager Design Study" by the General Electric Company. The bit e r ror  rate is 
further broken down to allow 4 x for the Under  to Orbiter link. 

F. Entry Blackout 

During the entry of the Capsule into the atmosphere, a highly ionized plasma layer is 
formed at the front of the Capsule by the shock wave. The gas passes through an expansion 
region into the wake. The Capsule line-of-sight to the Orbiter generally passes through 
the wake region, where the high density of charged particles interact with the r-f signal 
to attenuate the wave below a useful level for communications. For our studies, it has 
been determined that blackout may occur for both entry modes, and that the design of the 
Communication System must take blackout periods into account. The approach assumed 
is to store data during blackout and read the data out after blackout in such a manner that 
all stored data is transmitted before touchdown. Further, it has been assumed that the 
maximum blackout duration is short enough to allow sufficient transmission time before 
blackout to permit a single time delay. 

4.2.1.2.2 Direct Link 

Although a direct link to earth is not recommended for the transmission of entry data 
in real time, it is a reasonable approach for returning stored entry data after landing as 
well as data collected on the surface. Although the communication range of 150 x l o 6  km 
to 400 x lo6  km is on the order l o5  times as long as the range for a periapsis relay link, 
useful direct links with data rates ranging from a few bits per second to several thousand 
bits per second can be achieved with reasonable communication system designs. A 
principal advantage of the direct link, is the independence of its operation from the 
Orbiter mission. 

A major constraint on the design approach for the direct link is the requirement for 
compatibility with the Deep Space Network (DSN). For the purposes of this study, the 
performance characteristics of the DSN stations have been taken from EPD-283, Planned 
Capabilities of the DSN for Voyager 1973, (ref. 4-6), and from the Sapce Programs 
Summaries (ref. 4-7). The latter source provides data on the sensitivity expected of 
the non-standard listen-only feed system for the 210-foot antenna planned for use on the 
Mariner 1969 program. This system is also recommended for the 1973 program. For 
compatibility with the DSN, the following major communication parameters are thus 
specified : 

1. Transmission frequency: 2290 - 2300 MHz 

2. Receiving antenna: 85 and 210 foot diameter 

3. Receiving system temperature: 28'K - 55'K depending on feed configuration 
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4. Carrier phase lock loop bandwidths: 12 Hz and 4 Hz 

(Receivers with 4 Hz band widths a r e  not currently available but a r e  considered 
achievable for the 1973 mission.) 

The maximum Lander transmitter power is selected to be 50 watts, which is considered 
a safe upper limit from the standpoint of r-f breakdown. 

A. Antennas 

The principal system approaches for a direct link are characterized by the different 
types of antennas used on the Lander: 

1. Body fixed antenna 

2. Vertically oriented antenna 

3. Earth-oriented fixed antenna 

4. Steered antenna 

The usefulness of a body fixed antenna is somewhat limited by the range of surface 
slopes that may be encountered. The 34' maximum slopes lead to minimum beamwidth 
of 68'. Design margins a re  further reduced by the difference between the landing site 
latitude and the latitude of the sub-Earth point (near equatorial landing sites) and the slope 
due to unsymmetrical crush-up following impact. Some relaxation of this constraint can 
be permitted if operation below the -3 dB gain point is allowed for this worst case condition. 
The minimum beamwidth requirement can be reduced to twice the Earth-Under latitude 
difference by using a vertically oriented antenna. Even smaller beamwidths a r e  achievable 
if a means of pointing the antenna toward the Earth is used. If the capability exists to nod 
the antenna toward the Earth so that Earth passes near the peak of the beam at some time 
during the day, a high gain antenna can be used. Even though the communication time 
would be short for  this case, a high data rate can be achieved and a large amount of data 
returned. If the antenna is steered to follow the Earth, the time period available for 
communication is typically several hours each day. Table 4 .2 .1 -2  gives a comparative 
illustration of the data return capability of the different approaches for one set  of specific 
conditions. It should be noted that the transmitter energy requirements for the indicated 
total data return are not the same: the energy per bit returned, however, is inversely 
proportional to the data rate indicated. On this basis the vertically oriented antenna is at 
least six times more efficient than the fixed antenna, and the Earth-oriented antennas, 
600 times more efficient. For  the parametric data, the maximum antenna gain considered 
is 24 dB, corresponding to about a 3 foot diameter parabolic reflector antenna. 

B. Modulation and Detection 

The direct link performance is calculated assuming the same modulation and detection 
method used on the Mariner systems. The binary data phase shift keys a square wave 
subcarrier, which need not have a frequency which is a integral multiple of the data rate. 
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The modulated subcarrier phase modulates the S-band carrier in the 2290 - 2300 MHz 
band. The Multiple Mission Telemetry System, (ref. 4-8) may be used for subcarrier 
demodulation except for the very low bit rate systems (below 8 bps). 

TABLE 4.2.1-2.  COMPARISON OF DIRECT LINK ANTENNA ALTERNATES 
~ 

Arrival 4/10/74 

Landing lakitude, 10 "N -- Max. earth elevation = 75 " 

Transmitter power, 20 0 

Antenna 

Fixed 

Vertically 
oriented 

E arth-oriented 
fixed 

Steered 

Beamwidth 
Degrees 

83" (min) 

40" (opt) 

10" (size 
limited) 

10" (size 
1 im i ted) 

Gain Less 
Pointing 
Loss, db 

3 dB 

9 . 5  dB 

24.8 dB 

24.8  dB 

Data Rate 
BPS 

5 (4 Hz 

2BLo) 

2BLo) 

30 (12 Hz 

3400 
(12 Hz) 

340 0 
(12 Hz) 

Data 
Return Bits 

0 to 9x104 

2 . 3  105 

8 . 2  x 10 6 

8 1 . 2  x 10 

For systems which utilize data rates above about 50 bps, the use of error  control 
coding is recommended because of the performance improvement it affords at a minimal 
increase in capsule complexity (ref. 4-7 and 4-9). A data detection improvement of about 
3 dB is achieved using block codes such as the (32, 6) code being implemented for Mariner 
1969. 

As for the relay link, the bit e r ror  rate is taken to be 4 x 10-3 for the data returned 
to Earth. In this case, the bit e r ro r  rate does not have to be divided between two links. 

4.2.2 COMMUNICATION CAPABILITY 

The performance of the relay and direct links is summarized in this section. Relay 
performance at apoapsis and periapsis is considered. Also, an optimization of the 
periapsis relay data return capability is persented. The direct link performance includes 
the Lander antenna type and the date of arrival as parameters. Finally, for the various 
approaches, data rate, data return and required transmitter energy are compared. 
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4.2.2.1 General Results 

Fig. 4.2.2-1 shows the achievable data rate for a relay link operating at apoapsis. 
This curve, as well as those following, is based on parametric data. The range is taken 
to be 35,000 km and a coherent link is assumed. The abscissa includes both Lander and 
Orbiter antenna gains and pointing losses. Reasonable limits on the range of the various 
parameters is indicated on the figure by the heavy lines. 

Fig. 4.2.2-2 is a similar set of curves showing the non-optimized relay performance 
at periapsis. A non-coherent system operating at a range of 3000 km is assumed. The 
upper limit on data rate is taken to be 100 kbps for the conditions assumed; however, as 
shown in para 4.2.2.2, the optimization indicates that the data rate is limited by the 
Lander antenna design to 200 kbps, and the tilt of the vehicle also affects the data return 
capability. The lower limit of 1660 bps is based on a minimum data return of l o 6  bits 
per day and a maximum transmission time of 10 minutes per day. If a coherent system 
is used, the performance would be about 5 dB better, but the receiver acquisition time 
would have to be taken into account. 

Fig. 4.2.2-3 shows direct link performance using a steerable antenna. A 1 dB pointing 
loss is included in the results. Mars-Earth ranges corresponding to two different arrival 
dates are considered. The performance difference in the two cases is 4 dB; this is 
accounted for by the two scales used for antenna gain. The upper limit on antenna gain 
is assumed to be 24.8 dB, which is the gain of a 3 foot dish having a beamwidth of 10'. 
Other bounds are also indicated on the figure. 

In fig. 4.2.2-4, direct link performance using a fixed antenna is illustrated. The 
pointing loss in this case is taken to be 3 dB. The lower limit on data rate over a portion 
of the graph is imposed by the data return requirement of l o 6  bits in the time the Earth 
is within the beamwidth. For  instance, a 24.8 dB antenna has a 10' beamwidth, which allows 
2460 sec. of transmission at a Mars  rotation rate of 24.6 hours per day. To transmit lo6 
bits of data in 2460 sec. requires a data rate of 407 bps. As antenna gain is reduced, the 
beamwidth increases, transmission time increases, and the data rate can be reduced. The 
relationship between minimum allowable data rate and antenna gain in this region is: 

R (min) = 23.5 &- b 

For near equatorial landing sites, particularly the lower northern latitudes, the 
difference between the U n d e r  latitude and the declination of the Earth is small in 
mid-1974. On April 20, the sub-Earth latitude is 0' , and on about September 10, the 
maximum Northerly latitude of 24' is reached. Therefore, over this time period, the 
Earth passes within 24" of the zenith every day for landing sites between 0' and 24' North 
latitude. The use of relatively narrow beam (and consequently high gain) antennas oriented 
to the local vertical provides fairly good performance with what appears to be a relatively 
simple antenna erecting mechanism. Therefore, the performance of such antennas was 
investigated. The antenna beamwidth required to maximize the total amount of data 
returnable was determined based on the following assumptions: 

\ 
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Figure 4.2.2-1. Relay Performance - Apoapsis 
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Figure 4.2.2-2. Relay Performance - Periapsis 
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Figure 4.2.2-3. Direct Link Performance Steerable Antenna (1 dB Pointing Loss) 
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1. 

2. 

3. 

4. 

The landing site is near the equator. 

The maximum difference between the landing latitude and the declination of 
the Earth was relatively small, about 30". 

A strong link was available, so that the data rate achievable varies nearly 
linearly with effective radiated power. 

Communication will be guaranteed only when the Earth is within the 3 dB 
beamwidth of the antenna, and a constant data rate will be used, equal to 
the rate achievable under worst case conditions at the edge of the beam. 

For these assumptions, the optimum antenna beamwidth is given by 

=2 Jj-1 X - 6 I = 2 f i ( a )  degrees a 

where 

X = the landing latitude 

6 = the declination of the Earth 
./74 

10.000 

rn 

$1 

100 
3/1/74 

6/1/74 16 20 24 28 32 8 12 

ANTENNA GAIN, DB 

Figure 4.2.2-4.  Direct Link Performance Fixed Antenna (3 dB Pointing Loss) 

111 4-31 



The duration of communications is given by: 

T = 246 ea d 1  - 4 - seconds 
ea 

where 8 a = antenna beamwidth 

Fig. 4.2.2-5 shows the optimum antenna beamwidth for several landing latitudes. 
Fig. 4.2.2-6 shows the total data return achievable on a daily basis, assuming a 20 watt 
transmitter and that a DSN station is always available to receive when the viewing con- 
ditions are favorable. At the dates when the Earth passes directly over the landing 
site, the data return is limited to that obtainable with a peak antenna gain of about 24.8 
dB, corresponding to a parabolic reflector antenna of three feet in diameter. Because 
the antenna beamwidth is optimized for each day, the performance indicated for a given 
antenna is restricted to only a few days. 

In fig. 4.2.2-7 assumed limits were used to indicate the possible region of operation 
for each mode in terms of data rate, transmission time, and data return per day. The 
auxiliary graph on the right hand side of the figure indicates the potential data return 
per mission for a given data return per day. 

Fig. 4.2 .2-8  helps place the data return capabili in perspective for energy- 
limited vehicles. The energy required to transmit 10 7 bits of data is plotted for each 
mode as a function of effective antenna gain. Only prime energy associated with the 
transmitter is considered, assuming a transmitter efficiency of 33 percent. For the 
relay links, the abscissa includes both Lander and Orbiter antenna gain and pointing 
loss; for direct links, only the Lander antenna gain and pointing loss is specified. 

These plots illustrate several points: 

1. 

2. 

3. 

4. 

Energy per bit is approximately inversely proportional to antenna gain. 

Energy penalties are essentially the same for fixed and steerable direct 
link antennas. 

Energy penalties for the apoapsis relay link and the direct links a re  approxi- 
mately the same where an antenna gain is used that is appropriate to each 
type of link. Direct links require about 10 dB more antenna gain for the 
same required energy. 

The periapsis relay mode is one to two orders of magnitude superior to the 
other modes in terms of energy penalty. 
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MISSION LIFE - 3 DAYS 
3-210' RECEIVING ANTENNAS 

MAX. ANTENNA SIZE = 3 FT 
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ARRIVAL DATE, 1974 

Figure  4.2.2-6. Direct  Link Data Return Vertically Oriented Antenna 
Optimized Beamwidth 
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4.2.2.2 Periapsis Relay Link Optimization 

The relay link transmits data to the Orbiter during a periapsis pass and, hence, is 
subjected to highly dynamic communication link parameters, viz., line of sight range 

antenna and by uncertainty in Lander attitude, i. e., tilt. 
and angle. Additionally, the link is complicated by the requirement to have a small 

The data rate that can be supported is primarily dependant on Lander to Orbiter 
range and the antenna gain along that line of sight. Since data rate cannot be dynamically 
varied as gain and range change, the optimization problem becomes one of determining 
the maximum product of bit rate times the corresponding transmission time available. 

For the out-of-orbit entry case, the Lander to Orbiter range and angle periapsis 
pass parameters are very similar for the various proposed atmospheres such that 
representative data return optimization may be accomplished by considering only one 
model. Shown in fig. 4.2.2-9 are the range and angle from vertical for the VM-7 
atmosphere model. Implicit is the assumption that the Lander site is the sub- 
periapsis point. The optimization technique, however, is applicable to any set of 
trajectory information. 

Fig. 4.2.2-1 0 shows the antenna pattern for the small high-Q antenna employed for 
the 400 MHz relay link. This pattern is applicable to antenna operation over a large 
ground plane. Since the Lander diameter is on the order of a wave-length, the available 
ground plane is not large, indicating that the actual antenna pattern will vary from that 
shown. However, to obtain pattern details would require building and testing an antenna 
model. 

Because the antenna pattern does vary significantly with angle-off-boresight, i. e. , 
look angle, and the antenna is fixed relative to the Orbiter, tilt relative to the local 
vertical affects line-of-sight gain and, hence, available data rate. 

Fig. 4.2.2-11 is a block diagram of the relay link system and table 4.2.2-1 is the 
design control table. The data link (Lander to Orbiter) employs non-coherent frequency 
shift keying (FSK) with Manchester coding and operates at 400 MHz. The transmitter 
normally has an output of 50 watts, the maximum allowable to avoid r-f breakdown problem5 
at the Mars  surface. For reference, a range of 1000 km and a unity (0.0 dB) antenna gain 
are used. A bit rate of 190 kbps can be sustained (4 x 10-3 bit e r ror  probability) with a 
margin of 6 . 3  dB which is equal 
(minimum) available bit rate is: 

B = 1 . 9 ~  10 11 (2) G 

to the worst case tolerance. Then the worst case 

(bits/sec) 

where G is antenna gain and R is range in kilometers. 
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.- UJ -3 0 - 3dB 6dB 

Figure 4.2.2-10. 400 MHz Antenna Pattern 
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FSK XMTR 

LANDER L ---------- -I I-------- 
Figure 4.2.2-11. Block Diagram of Relay FSK System 

ITZ 4-39 



TABLE 4.2.2-1. DESIGN CONTROL TABLES-RELAY (LANDED) AND BEACON 

Parameter 

Modulation Technique 
Frequency (M Hz) 
Transmitter Power (watts) 

Transmit Circuit Loss 
Transmit Antenna Gain 
Transmit Ant. Pointing Loss 
Range (km) 
Space Loss 
Polarization Loss 
Receiving Antenna Gain 
Receiving Antenna Pointing Loss 
Receiving Circuit Loss 
Total Received Power (S), dBm 
Effective Noise Temperature (OK) 
Receiver Noise Power 

Bit Rate, 1/T (bps/dB) 

(dBm) 

Spectral Density (N/B) 

Frequency Uncertainty (kHz) 
IF Bandwidth (kHz) 
Required S/N/B 
Required ST/N/B 
Threshold Data Power (dBm) 
Margin 

Nomii 
Rf 

Nom. 

FSK 
400 
50 
47.0 
-1.5 

0.0 

-144.5 
-1.0 
2 .o 
-1 .o 
-1.0 
-100.0 
650 

0.0(1) 

l O O O ( 1 )  

-170.5 
190K/ 
52.8 
20.0(4) 
780.0 
64.2(6) 
11.4(6) 

6.3 
-106.3 

1 Valuer 
ty (Lam 
+ tol. 
-- 
-- 
-- 
oeo 
0.2 
0.5 
0.0 

-- 
1 .o 
0.0 
1.0 
0.2 
2.9 
-- 

0.0 -- 
-- 
-- 
0.0 
0.0 
0.0 
2.9 

tnd Wor 

- tol. 
L 
-- 
-- 
-- 
1.0 
0.4 
0.5 
0.0 

-- 
0.5 
0.5 
0.0 
0.4 
3.3 -- 

1.0 -- 

-- 
-- 
2.0(6) 
2.0(6) 
3 .O 
6.3 

Case Toleranc 
Bea a Lin - 

Nom. 

cw 
400 

29.3 
-1.5 
2.0 
-1.0 
l O O O ( 3  
-144.5 
-1.0 
-0.8(3) 
0.0 
-2 .o 
-117.7 
7 24 

0 . 8 3 ~  

-170.0 -- 

16.0 (5 
25.0 
47.0 
3.0(2) 
-123 .O 
5.3 

I- tol. 
-- 
-- 
-- 
0.0 
0.2 
0.0 
1.0 

-- 
1.0 
0.5 
0.0 
0.2 
2.9 
-- 

0 
-- 

-- 
-- 
1.0 
1.0 
1 .o 
3.9 - 

- tol. 
-- 
-- 
-- 
1 .o 
0.4 
0.5 
0.0 

-- 
0.5 
0.5 
0.0 
0.4 
3.3 
-- 

1 .o -- 

-- 
-- 
1 .o 
1 .o 
1 .o 
5.3 

Reference values. 

Signal-to-noise ratio in i-f bandwidth. 

Values chosen correspond to G/R2 ratio required by relay link to support 160 
kbps data rate. 

Transmitter stabilizer f 10 PPM, receiver stability f 5 P P M ;  doppler f 4  kHz. 

Same as (4) except only positive doppler need be considered. 

Nominal signal-to-noise ratio is theoretical value. 2dB adverse tolerance is 
allowed to account for detector performance degradation, e. g., non-ideal 
bit sync. 
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Using this relation and the Lander-Orbiter range and angle parameters, available 
bit rate versus time is computed for specific Lander tilt conditions. Typical results 
a r e  shown in fig. 4.2.2-12. The reference condition of zero tilt shows a very sharp 
peak as the Orbiter passes overhead. This is the result of minimum communication 
range and maximum antenna gain. When the Lander is tilted in the Orbiter plane, the 
peak gain is pointed off of vertical and tends to counteract the bit rate loss resulting 
from increasing range. The net effect of in-plane tilt is a lower peak data rate and 
longer available transmission time at near peak data rates. On the other hand, pure 
out-of-plane tilt lowers the gain and, hence, available data rate at all times. 

Optimization is accomplished by examining the communication time as  a function 
of bit rate for positive and negative in-plane tilt and for out-of-plane tilt. The maxi- 
mum total data that can be transmitted with confidence at a specific bit rate is the pro- 
duct of bit rate and minimum communication time for the three tilt conditions considered. 
The bit rate yielding the largest maximum total data transmitted is the optimum bit 
rate. 

Fig. 4.2.2-13 shows the maximum data transferable and corresponding optimum 
data rate without regard to bandwidth limitations. The small high-Q antenna used has 
a bandwidth capacity on the order of 2 MHz which imposes .a data rate limitation. 

Using Manchester coding, a bandpass of four times the bit rate is required about 
each of the transmitted frequencies. Allowing a guardband equal to the bit rate* yields 
an r-f bandwidth requirement of ten times the bit rate. Thus, the antenna limits the 
maximum data rate to approximately 200 kbps. The resulting effect on data transferable 
is indicated in fig. 4.2.2-13. 

Specific application of the results of this optimization study is deferred to the 
telecommunication sections of the point designs. 

4.2.2.3 Effect of Mission on Communication System 

The effects of the mission parameters, such as arrival date and landing latitude, 
upon the direct link a r e  described in graphic form in figs. 4.2.2-14 through 4.2.2-19. 
In all cases described, a vertically oriented antenna and a 90 day mission design a re  
assumed, 

Fig. 4.2.2-14 shows the data rate capability as a function of arrival time, as- 
suming the worst case data rate is used throughout the mission. The antenna beam- 
width was optimized for the particular mission based upon the data of fig. 4.2.2-5. 
The initial dip in the curve indicates that the range is increasing more rapidly than 
the antenna gain is increasing. However, the condition is reversed and the peak data 
rate capability occurs around the latter part of April, 1974. The effect of latitude 
variations a re  discussed later. 

111 

*The guardband assumed here is estimated to be sufficient to reject the unwanted 
signal. Further investigation is required to evaluate cross-talk due to spectral 
spreading. 
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Figure 4.2.2-13. Maximum Data per Day and Optimum Bit Rate 

The effectiveness of changing data rates during the mission is shown in fig. 
4,2.2-15 for both the early encounter of 1/10 and the later arrival of 4/30. The data 
rate change shown is due to the increasing range during the mission. In the case of 
the 1/10 arrival, the received signal to noise density ratio decreases to a point where 
a further transition from coded to uncoded data transmission is required. 

Figs. 4.2.2-16, -17, and -18 indicate the effect of landing latitude (or landing 
dispersion) on the Communication System performance. Fig. 4.2.2-16 indicates the 
allowable data rate during the mission lifetime for 10°N and 25"N latitudes. Fig. 
4,2.2-17 shows the data return for various latitudes for a 4/30 arrival with a fixed 
transmission time based upon power limitations. The same data is shown in fig. 
4.2,2-18 for a 1/10 arrival. At 50"N latitude the performance during the first half 
of ths mission lifetime is marginal under the assumption of a constant data rate over 
the mission lifetime. Another mode of operation would have to be considered if this 
combination of latitude and arrival date is used. 

The final graph (fig. 4.2.2-19) compares the data rate capability of a 50 watt 
and 20 watt transmitter during the mission life for a 4/30 arrival. In the case of 

I11 4-43 



200 

100 
90 

80 

u 70 

';i 60 

F4 
50 

b 
2 40  

E 
2 

P i  

2 
Er;l 30 
r-7 

3 

2 20 
r-7 

10 

J 
50W 
10" N LATITUDE 
VERTICALLY ORIENTED 
ANTENNA 
90 DAY MISSION 
RCVR 2 BLO = 12 Hz 

CONSTANT DATA RATE 
OVER MISSION LIFE TIME 

1 /6 2/1 3/1 4/1 5/1 6/1 8/1 

ARRIVAL DATE, CALENDAR DATE 1974 
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the 20 watt transmitter (which has been developed for the Hard Lander application, 
para 4.2.3.5), the additional transition from coded to uncoded data return occurs. 
Since, at  the low data rate, the bulk of the transmitted power is required for carr ier  
lock at the ground receiver, it is of added interest to show the effect of switching to 
the proposed 4 Hz bandwidth. The data ra te  for this case is shown as a dotted line. 

4.2.3 PARAMETRIC PERFORMANCE DATA 

In this section, parametric data are presented from which communication system 
performance can be determined for a wide range of system variables for both relay and 
direct links. These data have been found useful and accurate in making approximate 
comparisons of alternate system designs. It has also been found, for specific 
applications, that some of the assumptions required modification to be compatible with 
variable ranges. For example, the r-f losses between the transmitter and the antenna 
depend on the length of cable runs and the number of connectors and rotary joints 
in the run, which are a function of the particular vehicle configuration being con- 
sidered. For some Landers, electrically small transmitting antennas are considered 
which require matching, which reduces the efficiency of the antenna system, and hence 
yields a differenct relation between antenna gain and beamwidth than is presented in 
the following curves. Other parameters also vary with the specific implementation. 
For this reason, the expected performance of any particular design should be based on 
a detailed link calculation for that design, considering in detail all factors that affect 
per formanc e. 

4.2.3.1 Relay System Description 

The parametric performance calculations for the relay link are based on the use 
of two types of systems: wideband non-coherent FSK and coherent PSK/PM. The 
characteristics of these systems that influence the parametric performance data a re  
described in this section. A block diagram of the FSK system is shown in fig. 
4.2.3-1, and the waveforms for this system are illustrated in fig. 4.2.3-2. The PCM 
data has an NRZ binary format with bit rate Rb at the input. This signal biphase 
modulates a square wave subcarrier having a frequency Rb to produce a split phase 
coded signal. The power spectrum of this signal has a sin4 x/x2 envelope when the data 
is random, as illustrated in fig. 4.2.3-3. The split-phase signal frequency modulates 
a 400 MHz carr ier  for transmission to the Orbiter. The spectrum of the r-f signal is 
also shown in fig. 4.2.3-3. Where a single VCO is frequency modulated as shown in 
fig. 4.2.3-1, the shape of this spectrum depends on the modulation index (the ratio 
of the frequency deviation A F  to the data rate Rb) (ref. 4-10). When the modulation 
index is high, as assumed in the present case, the spectrum contains both discrete 
and continuous components; half the power is in the discrete spectrum, and half in the 
continuous spectrum. The continuous spectrum has the same sin4 x/x2 form as the base- 
band split-phase signal when the modulation index is high. In an alternate implementation, 
two independent oscillators are switched by the split-phase signal, and the spectrum is 
the same as that shown in fig. 4.2.3-3, irrespective of the modulation index (ref. 4-11). 
The selection of the approach to be used for a particular application depends on im- 
plementation considerations such as stability and reliability. The performance 
achievable with both approaches is the same. 
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In the Orbiter receiver, the 400 MHz signal is translated in frequency to i-f and 
then amplified. The i-f amplifier is gain-controlled to provide a constant output 
level. The two signaling frequencies are bandpass-filtered and detected in their 
respective channels. Because of the split phase format, the detector output can be 
ac-coupled. This eliminates the unbalance due to noise that can occur in the output 
signal when the detector is direct-coupled. Such an unbalance can result from unequal 
gains or unequal predetection bandwidths in the two receiving channels. This un- 
balance can seriously affect the performance of the receiver, especially when the 
predetection SNRis low (ref. 4-12). The two detected outputs a re  differenced and 
fed to the bit sync detector (one means available for the unambiguous recovery of bit 
sync from a split-phase signal is indicated in fig. 4.2.3-4). The bit sync detector 
generates a square wave subcarrier at frequency Rb to convert the split-phase dif- 
ference signal back to the NRZ format. This signal is integrated in a matched filter 
and sampled to provide the data at the receiver output. 

The performance of the wideband FSK receiver is a function of bit period T and 
predetection bandwidth B. The predetection bandwidth is somewhat wider than the 
bandwidth of the signal spectrum to allow for frequency uncertainties due to oscil- 
lator instability and doppler shift. Fig. 4.2.3-5 gives the required bit energy-to- 
noise power density ratio (E/No) as a function of the BT product, for a bit error  
probability, Pe, of 4 X 10'3. The curve is based on an analysis due to Boyd (ref. 4-13) 
for BT values of 4 or less. For values of BT equal to 10 or more, an alternative 
approximation is used (ref. 4-12). In fig. 4.2.2-5 a smooth curve has been drawn 
between the two sets of data to provide values of E/No at intermediate values of BT. 

A block diagram of the PSK/PM system is given in fig. 4.2.3-6, Again, split- 
phase coding of the data signal is used. The split-phase signal biphase modulates a 
square wave subcarrier at fs. The modulated subcarrier phase-shifts the r-f carrier 
with a peak deviation e d  which is less than 72/2 radians. The resulting spectrum is 
illustrated in fig. 4.2.3-7. A subcarrier is used rather than phase-shifting with the 
data directly in order to leave a clear band around the carr ier  to eliminate the pos- 
sibility that the receiver might lock onto a sideband should a long sequence of zeroes 
o r  ones occur in the data. 

In the receiver, the VCO in the carrier phase-lock loop is continuously swept 
until acquisition is sensed, as indicated by the average value out of the quadrature 
phase detector. The subcarrier at frequency fs is detected by squaring and locking 
to the second harmonic, 2fs. This component is then divided by two and used to 
demodulate the subcarrier. The split-phase data is detected using the same technique 
as for the FSK system. The worst case modulation loss used for the calculations is 
given in fig. 4.2.3-8 as  a function of the data rate and the bandwidth of the carrier 
phase lock loop. The modulation loss shown was determined from the following 
corn iderations. 

For the ideal detection of PSK/PM, the total input power required is determined 
by the receiver noise power spectral density (No), the signal to noise ratio (SNR) 
required in the carr ier  phase lock loop, bandwidth (~BLo), and the ratio of data 
channel energy per data bit to noise density (E/No). For a given total received power, 
P, the following expressions hold: 
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where Pc and Pd are  the portions of the total power in the carrier and data channels 
respectively, and T is the bit period (l/Rb). For a square wave subcarrier: 

2 P, = p c O s  ed 

and 

2 
d 

= P sin 8 'd 

where is the modulation index (phase deviation). The "modulation loss" is given as: 

P L = -  
C P 

C 

P 

'd 
L = -  

d 

1 
2 

- - 

d cos e 

1 
2 sin Bd 

- - 

The modulation loss tat occurs in a given system depends on the ac tracy with which 
the modulation index can be achieved and maintained. Design analyses have indicated 
that an error  of less than 8 percent can be achieved. 

v(t) = Acos [wet + a@) x (Ss)edJ 
s (f ) t 

f 

c s  C c s  

Figure 4.2.3-7. Spectrum of PSK/PM Signal 
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In order to meet the carr ier  and data channel signal power requirements, the 
following conditions then must hold: 

P 
U > C 

P cos2 (1.08 6,) 
- 

No 2BLo 0 2 B L 0  

and 
2 

N 

TP sin (0.92 ed) 
2 

E 

0 0 
N 

For the curve of fig. 4.2.3-8, the value of 8d for which both the above conditions 
could be met was calculated, and the worst case data modulation loss was determined 
a s  

- 1 - 
2 sin 0.92 ed Ld 

In the parametric performance curves given in the next section, the total input power 
required is obtained from this curve using the relation: 

D 

4 .2 .3 .2  Parametric Curves - Relay Link 

The sequence in which the parametric curves a re  used depends on the information 
that is known and that which is to be defined. Here it is assumed that the known infor- 
mation is that associated with the mission: 

1. Bd - required data return per day 

2. T - allowable transmission time per day 

3. 8, and 6, - allowable antenna beamwidths (receive and transmit) 

4. R - maximum transmission range 

5. 13. - maximum range rate uncertainty 

III 

0 .  

6. R - maximum range acceleration 
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The major parameters to be defined are: 

1. 

2. Pt - transmittedpower 

3. 

4. B - predetection bandwidth for noncoherent detection 

Gt' Lpt, Gr9 Lpr - antenna gains and pointing losses 

Ed - required energy per day 

5. 

6. T - carrier acquisition time for coherent detection 

The process for utilizing the curves is summarized in the Relay Link Parametric 

2BL0 - carrier loop bandwidth for coherent detection 

acq 

Flaw Diagram shown in fig. 4.2.3-9. Numbers near the block correspond to the 
figure number in this section. The "switchTT at the center of fig. 4.2.3-9 allows the 
option of a coherent or  a noncoherent system. 

The following figures comprise the parametric design curves: 

1. 

2. 

3. 

Fig. 4.2.3-10. DATA RATE VS DATA RETURNED PER DAY: The re- 
quired bit rate for a given data return requirement and transmission duration. 

Fig. 4.2.3-11. DOPPLER FREQUENCY UNCERTAINTY: The doppler 
frequency uncertainty in terms of the Lander/Orbiter range rate un- 
certainty. The relationship is: 

(kHz) = 1.33 A R  (km/sec) 
"dp 

Fig. 4.2-3-12. REQUIRED S/No FOR NON-COHERENT FSK, SPLIT 
PHASE SIGNALS: The signal-to-noise-density ratio required for 
Peb = 4 X lom3 using a noncoherent FSK system with split-phase signals. 
The data is taken from fig. 4.2.3-4, (para 4.2.3.1) letting B = fu + 4 Rb 
and T = 1/Rb where fu is the doppler plus oscillator frequency 
uncertainty and Rb is the bit rate. S/No is related to the E/No 
values given in fig. 4.2.3-4, (para 4.2.3.1)  by: 

where the 2 .0  dB is added to account for losses in the detection process. 
The value of the predetection bandwidth, B, has been selected to include the 
power between the first nulls of the i-f split-phase data spectrum WRb) 
plus the frequency uncertainty, fu, associated with expected doppler and 
oscillator frequency drift. 
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4. Fig. 4.2.3-13. LOOP BANDWIDTH VERSUS ACQUISITION TIME: The 
relationship between carrier acquisition time and loop bandwidth for a given 
frequency uncertainty (sweep bandwidth) for a 90 percent probability of 
acquisition in one sweep. The relationship used is the empirical equation 
derived by Frazier and Page (ref. 4-14), and modified by Gardner (ref. 4-15) 

2 
01 - 

01 No . ~-~ BL ] 0 
l + D  L?w max = 

where CL is the signal suppression factor due to the limiter, a0 is the signal 
suppression factor measured at some arbitrary input SNR, wN0 is loop 
natural frequency measured at the same input SNR, and D is a factor 
depending on damping. Using a loop damping factor of 0.707 and letting 
CY = a0, then D M 0, BL = BLO, and UNO = (0,945) 2BL0. 
Letting (S/N) 2BL0 = 7.5 dB or (S/N) = 10.5 dB, the relationship 
reduces to: BL 

2 Af = 0.1 (2BLo) max 

The time for one complete sweep of the bandwidth, fu, is then: 

5. Fig. 4.2.3-14. REQUIRED S/No FOR COHERENT PSK/PM: The signal- 
to-noise-density ratio required for coherent detection for several values of 
carr ier  loop noise bandwidths. The E/No requirement is assumed to be 8.5 
dB (5.4 dB theoretical + 3.1 dB detection losses). The relationship is: 

S/N = E/N + Rb - b (indB) 
0 0 d 

where Rb is bit rate and bd is the data modulation loss obtained from fig. 
4.2.3-8. 

6. Fig. 4.2.3-15. AVAILABLE S/No AT RELAY RECEIVER: The S/No 
available at the Spacecraft receiver at a reference transmission range of 
2000 km over a range of values of transmitted power and effective antenna 
gain. Hfective antenna gain includes the peak gain of both the transmitting 
and receiving antennas and the pointing losses associated with each. A 
reference frequency of 400 MHz has been used. The noise figure of the 
receiver is taken to be 4 dB and the overall system temperature referenced 
to the receiver terminals is 650'K. This was derived from the relation: 
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Figure 4.2.3-15. Available Signal-to-Noise Density Ratio at Relay Receiver 

where 

TS = System temperature 
Ta = Antenna temperature 
TO = reference temperature = 290'K 
Le, = receiving r-f line loss = 1.0 dB 
TL = line temperature = 290'K 

The antenna temperature, Ta, is taken to be 200"K, the approximate noise 
temperature of Mars. At 400 MHz this value is greater than that expected 
from galactic noise and is therefore taken as worst case. System temperature 
is then 

= (2.5 - 1) 290 + 0.79 (200) + (1 - 0.79) 290 TS 
= 650'K 
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Reference loss values used for the curves are 1.0 dB each for transmitting 
and receiving r-f circuit losses and 1.0 dB for polarization loss between the 
two antennas. In addition, a reference margin of 4.0 dB is provided for the 
system. Calculation of the available S/No is shown below for 0.0 dB overall 
antenna gain and 1.0 watt transmitted. 

a. Transmitted Power (P = 1.0 watts) 30.0 dBm t 

b, r-f Circuit Losses -2.0 dB 

C. Effective Antenna Gain (including 
pointing losses) 0.0 dB 

d. Space Loss (R = 2000 km, f = 400 MHz) -150.5 dB 

e. Polarization Loss -1.0 dB 

f. Total Received Power -123.5 dBm 

g. Receiver Noise Density (Ts = 650%) -170.5 dBm/Hz 

h. Available S/No (without margin) 47.0 dB 

i. Available S/No (including 4.0 dB margin) 43.0 dB 

7. Fig. 4.2.3-16. ANTENNA GAIN VS. POINTING ERROR: The estimated 
gain as a function of angle off axis for typical 400 MHz antennas. Approxi- 
mate dimensions for the antennas are given in fig. 4.2.3-21 and in 
para 4.2.3.5. 

8. Fig. 4.2.3-17. RANGE CORRECTION FACTOR: The change in S/No 
available at the Spacecraft receiver for values of Lander/Orbiter range 
other than the 2000 km reference range used in fig. 4.2.3-15. 

9. Fig. 4.2.3-18. PRIME POWER REQUIRED FOR THE TRANSMITTER: The 
power required from the vehicle de power bus for a given output r-f power. 

10. Fig. 4.2.3-19. PREDETECTION BANDWIDTH FOR FSK SPLIT-PHASE 
SIGNALS: The predetection bandwidth (B) required for a given data rate 
and frequency uncertainty (B = fu + 4 R$. 

11. Fig. 4.2.3-20. TRANSMITTER ENERGY REQUIREMENTS: The relation- 
ship between transmitter prime power, transmission time, and the resultant 
energy required. 

111 

During the descent phase, signals transmitted from the Lander may be reflected 
from the planetary surface before arriving at the Orbiter receiver. These multipath 
signals may interfere with the desired signal which is received on the line-of-slight path 
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from the Lander. Whether this degradation or fading is fast or slow depends on the 
data rate and the doppler shift of the reflected signal relative to the line-of-slight (LOS) 
signal. If the relative doppler shift is large with respect to the data rate so that the 
composite received signal fluctuates rapidly within a bit interval, the fading is fast; 
i f  the amplitude of the composite signal can be considered constant during a bit interval, 
the fading is slow. 

At entry, the relative doppler shift tends to be large because the Lander is drawing 
away from the Orbiter and is approaching the planet with a high velocity. The doppler 
shift between the LOS signal and the reflected signal is of the order of several kHz 
at entry (220 km altitude). At this altitude, the time delay between LOS and reflected 
signals can be one millisecond or more. When the Lander nears the surface, its 
velocity is nearly that of the planet, and the relative doppler shift is approximately 
100 Hz. The relative time delay is about 10 microseconds when the Capsule is at an 
altitude of one mile, and drops to zero as  the Capsule approaches the surface. 

The effect of doppler shift and time delay of the reflected signal on communication 
performance depends on the type of communication system used, In the present instance, 
a wideband binary FSK receiver is employed on the relay link. If the relative delay is 
much smaller than the bit interval, the interference appears in the same channel of the 
FSK receiver as the desired signal; this is termed flsame-channel interference". If 
the relative delay is comparable to, or  longer than the bit interval, the interference and 
the desired signal can appear in opposite channels of the receiver. This is called 
llcross-channel interference". 

Table 4.2.3-1 shows the fading conditions qualitatively for various data rates, 
based on the previous estimates of doppler shift and time delay. 

TABLE 4.2.3-1. FADING CONDITIONS 

Capsule Altitude 

FF = Fast Fading SI = Same-channel Interference 

SF = Slow Fading CI = Cross-channel Interference 

I11 

All of the fading possibilities a r e  represented in this example. tY3ame-channel 
interference" implies a relative time delay much smaller than the bit interval, while 
"cross-channel interference" implies a relative time delay comparable to or greater 
than the bit interval. 
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The effect of power reflected from the planetary surface can be specified in terms 
of the signal-to-interference ratio - as shown in fig. 4.2.3-22. When same-channel 
interference occurs in the fast-fading case, the performance is actually improved 
compared to the no-fading case. When the fading is fast and cross-channel interference 
occurs, some loss results, but the loss is relatively small. The worst case loss 
condition is slow-fading same-channel interference. This condition occurs near 
impact. 

The interference level is a function of the surface reflectivity, the antenna pattern, 
and the vehicle-surface geometry. 

A reasonable worst case interference level is -5dB when isotropic, polarization 
insensitive, transmitting and receiving antenna patterns a re  assumed. This level 
has been determined from various analyses of Martian multipath. A treatment of the 
problem by GE (ref. 4-16) is based upon a rough surface model of the planet which 
is due to Beckman (ref. 4-17). Preliminary computations yield an interference level 
of -8dB, based upon an average power reflectivity of 7 percent as determined by radio 
astronomy (ref. 4-18). The radar observations indicate that the reflectivity of 
Mars can be as large as 13 percent in certain regions. This is twice the average 
value, and results in a -5dB interference level. 

r 

I f  I I I I I i I J 
0 2 4  6 8 10 12 14 16 18 20 

SIGNAL TO INTERFERENCE RATIO, DB 

Figure 4.2.3-22. Performance of Wide-band FSK with Multipath Interference 

4-72 I11 



Another analytical approach (ref. 4-19) gives maximum relative multipath levels 
of -4dB for horizontal polarization and -8 dB for vertical polarization at 300 MHz. 
This surface is assumed to be dry and rough. The analysis applies for a Lander 
altitude of 4.5 km and for reflection angles of up to 80 degrees. The relative level 
is as  low as  -10 dB for horizontal polarization (at normal incidence and reflection) 
and -20 dB for vertical polarization (at the Brewster angle). 

Others (ref. 4-20) have computed a maximum relative multipath of -6 dB based 
on planet characteristics derived from 430 MHz radar observations. 

Polarization of the refelected signal, and antenna directivity should reduce the 
level below -5 dB. The reflected signal will be elliptically polarized due to the difference 
in horizontal and vertical reflection coefficients of the surface at 400 MHz. In addition, 
any surface reflections from the antenna main beam will result in a reversed circular 
polarization at the orbital receiver. These polarization effects should further suppress 
the interfering signals. 

4.2.3.3 Direct Link Systems 

The system configuration assumed for the Lander to Earth link is shown in fig. 
4.2.3-23. For high data rate systems, the PCM data is coded in order to reduce the 
signal power required to produce the threshold bit e r ror  rate of 5 X 

with data rates below about 50 bps, coding would not be used because performance is 
limited by sync recovery rather than data recovery. For such low rate systems, the 
data would be modulated on a high frequency subcarrier as on Mariner '69, In the 
coded system, a block code such as the 32, 6 code used on Mariner '69 or  a con- 
volutional code, such as  the one being developed for Pioneer, is used. For both types 
of codes, the symbol rate is increased compared to no coding by the ratio of the 
number, r), of coded symbols transmitted for each k data bits. The symbols are  split 
phase coded to enhance recovery of symbol synchronization, and phase modulated on the 
S-band carrier for transmission to the DSN station. 

For systems 

The configuration of the 210 foot antenna to be used for Mariner '69 is assumed. 
Using the listen-only feed and restricting operations to times when the elevation angle 
of the Lander exceeds 20°, the receiving system temperature is a maximum of 28OK, 
compared to a worst case temperature of 55% as  specified in EPD 283. It is expected 
that the DSN receivers will be modified to include a loop bandwidth of 4 Hz as well as  
the currently implemented 12 Hz bandwidth, thereby improving low data rate system 
performance. The Multiple Mission Telemetry System would be employed where 
possible, and the coding removed by the appropriate processor. 

carrier channel and the data channel reach threshold at the same input power level. 
The carr ier  channel threshold is set by the carrier phase lock loop bandwidth ( ~ B L o )  
and the required signal to noise ratio (SNR) in that bandwidth, The data channel threshold 
is set by the product of the data rate (Rb) and the ratio of data energy per bit to noise 
spectral density (E/No). As the modulation index is adjusted so that the carrier channel 
power is decreased, the power in the data channel increases, allowing a higher data 

As in the case of the relay link, the modulation index is selected such that both the 
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rate to be achieved. However, as the SNR in the carrier loop is reduced, the VCO 
phase jitter is increased, thereby degrading the data channel performance. For a 
given set of values of carrier loop bandwidth and data rate, there is an optimum 
modulation index which will result in the best performance. This value has been cal- 
culated and is shown in fig. 4.2.3-24. The resulting E/No required in the data 
channel is also given for the e r ror  control coding case and takes into account the 
degradation produced by carr ier  jitter. The bandwidth expansion of the DSN receiver, 
(ref. 4-21), with SNR is taken into account in calculating the jitter loss versus SNR 
in the loop, (ref. 4-22). At the lower data rates the SNR in the loop was fixed, and 
thus the jitter loss kept constant, to avoid out-of-lock problems at low SNR's. At 
the high data rates when almost all of the power is in the data channel, the S N R  in the 
loop was also fixed, since little performance gain can be achieved by optimization. 
In determining the worst case modulation losses, the worst case E/No plus carr ier  
jitter loss was used, with an 8 percent modulation index tolerance. The worst case 
value of E/No (excluding carr ier  jitter losses) assumed is 3 . 5  dB as shown in table 
4,2.3-2. 

PCM 
DATA 

9 3  

n = NO. OF CODED SYMBOLS P E R  DATA BLOCK 

k = NO. OF DATA BITS P E R  DATA BLOCK 

LANDER TRANSMISSION SYSTEM 

DSN RECEIVING SYSTEM 
- - - - - - I _ _ -  ------- 

210 FT ANTENNA 
\7 

DATA 
DECODER TELEMETRY 

Figure 4.2.3-23. Direct Link System 
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EPT A CONSTANT 

4 a 
f2 MODULATORTELERANCE =8% 

CARRIER LOOP Bw =12 HZ AT 0 DB 

P = 5 x 1 0  b -3 

2 CODING 
E/NO LESS LOSS DUE TO 
CARRIER JITTER = 3.5 DB 

I I I I 
10 100 1000 10000 100000 

DATA RATE, BPS 

Figure 4.2.3-24. Modulation Loss and E/No vs Data Rate for an Optimized 
Coherent Link - Single Channel 

TABLE 4.2.3-2. CALCULATION OF WORST CASE E/No EXCLUSIVE OF 
CARRIER JITTER FOR ENCODED DATA 

2.1 dB 

0.3 dB 

0.2 dB 

0.9 dB 

E/No theoretical for 32,6 code, Pe = 5 x 10-3. 
See ref. 4-23 for data words of non-six bit 
length. 

Filter 10s s 

Subcarrier and bit sync jitter loss 

Margin or additional E/No for data words of 
random length. 

The modulation loss  for low data rate systems, when coding would not be used, is 
shown in fig. 4.2.3-25. The required data channel E/No was taken to be 7.4 dB based 
on the data in table 4.2.3-3. 
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Figure 4.2.3-25. Data Modulation Loss for Systems without Coding 

TABLE 4.2.3-3. REQUIRED E/No FOR LOW DATA RATE SYSTEM 

Theoretical E/No for P 2  = 5 x 

Filter loss 

Carrier jitter loss 

Subcarrier jitter loss 

Bit sync jitter loss 

Margin 

4.2 .3 .4  Direct Link Parametric Curves 

A possible sequence for using the parametric curves to obtain performance 
estimates for a direct link is indicated in fig. 4.2.3-26. Numbers near the blocks 
correspond to the figure numbers in the section. The following figures a re  presented: 

1. Fig. 4.2.3-27. Data Rate vs Data Returned Per Day: the required bit 
rate for a given data return requirement and transmission duration. 
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Figure 4.2.3-26. Direct Link Parametric Flow Diagram 
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Figure 4.2.3-27. Data Rate vs Data Returned per Day 
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Fig. 4.2.3-28. Required S/No for PSK/PM the total signal power to noise 
spectral density required for PSK/PM, determined as follows : 

S/N = % E/N . L~ 
0 0 

where 

% = bit rate, bps 

E/No = signal energy per bit to noise power spectral density 

= data modulation loss LD 
For the systems using e r ro r  control coding, the E/No and the modulation 
loss used are obtained from fig. 4.2.3-24. For low data rate systems which 
do not use e r ro r  control coding, the modulation loss is obtained from 
fig. 4.2.3-25. 

Fig. 4.2.3-29. Loss of S/No Versus Date: loss of S/No due to the range 
increase, with January 1, 1974, as the reference point. 

Fig. 4.2.3-30. Available S/No: the S/No available at the DSN receiver as 
a function of the product of antenna gain and pointing loss for radiated power 
levels of 20 w and 10 w. The S/No is based on the communication range of 
120 X 1 0 6  km existing on January 1, 1974. The link calculation is presented 
in table 4.2.3-4. 

40 - 

30 - 

20 - 

01 I I I I 
zo 1 10 100 1000 10,000 '3i. %, DATARATE, BPS 

Figure 4.2.3-28. Required S/No for PSK/PM 
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TABLE 4.2.3.  -4. DESIGN CONTROL TABLE 

Transmitted Power 

Transmitting Circuit Loss 

Transmitting Antenna Gain 

Transmitting Antenna Pointing Loss 

Space Loss (R = 120 x lo6 km, f = 2300 mc) 

Polarization Loss 

Receiving Antenna Gain (above 20" 
elevation angle) 

Receiving Antenna Pointing Loss 

Receiving Circuit Loss 

Total Received Power (worst cases) 

Receiver Noise Density (Ts = 28°K) 

S/NO 

5. 

6. 

7. 

8. 

Pt 
-2.3 

G 

LP 
-261.3 

-0.1 

61.0 

-0.3 

0 .0  

Pt + G-Lp 
-204.5 

-184.1 

-20.4 + Pt 
+G-Lp 

Tolerance 
-0.7 

-0.4 

-0.4 

Fig. 4.2.3-31. Antenna Gain vs Beamwidth: the antenna gain versus the 
3 dB beamwidth, assuming a beam with a circular pattern cross-section 
and a 60 percent efficiency. 

Fig. 4.2.3-32. Prime Transmitter Power: the prime dc power required 
by typical S-band TWT amplifier designs. 

Fig. 4.2.3-33. Transmitter Energy Requirements: product of transmitter 
prime power and operation time is plotted. 

Fig. 4.2.3-34. Mutual Visibility of Goldstone and Syrtis Major: mutual 
visibility between the 210 ft receiving antenna at: Goldstone and Syrtis Major 
is shown for 0' and 20' elevation angles of Mars as seen from Goldstone. 
The Earth rise and set as seen from Syrtis Major is for 0' elevation angles. 
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Figure 4.2.3-31. Antenna Gain vs Beamwidth 
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Figure 4.2.3-32. Prime Transmitter Power 
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9. Fig. 4.2.3-35. Earth and Sun Elevation Angles (10'N Latitude): The Earth 
and Sun elevation angles versus time (arbitrary starting point) are  shown for 
a Lander at 10°N latitude. Included is the relative timing of the Earth and 
Sun elevation angles and the change with date. 

10. Fig. 4.2.3-36. Earth and Sun Elevation Angles (20°N Latitude): The same 
as fig. 4.2.3-35 with the Lander at 20'N latitude. 

11. Fig. 4.2.3-37. Earth and Sun Elevation Angles (Latitude Variable): the 
elevation angle history is presented with latitude as a variable for March 14,  
1974. 

- TRANSMISSION TIME 

/ TD PERDAY 
losooo E 

1 2 5 10 30 50 100200 500 1000 

TRANSMITTER PRIME POWER, WATTS 

Figure 4.2.3-33. Transmitter Energy Requirements 
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Figure 4.2.3-35. Earth and Sun Elevation Angles - Capsule at 10°N Latitude 
(1974) 
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Figure 4.2.3-36. Earth and Sun Elevation Angles - Capsule at 20°N Latitude 
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Figure 4.2.3-37. Earth and Sun Elevation Angle vs Time for Capsule Viewing Earth 

4.2 . 3 . 5  Equipment Parametric Study 

The purpose of the equipment parametric study is to provide the effect of mission 
requirements upon the component size, weight and power requirements. The investi- 
gation of radio frequency r-f equipments has been limited to the 400 MHz and 2.3 GHz 
frequencies based on trade-offs discussed in para 4.2 .1 .2  and operation with the DSN. 
Other equipments, such as the multicoders and memory units, have had the range of the 
significant performance parameter determined in part by the point designs; however, in 
these cases, the range is broad enough to make the results useful over a significant 
increase or  decrease in require-ments. In some instances, such as the beacon receiver, 
the transponder, and the data handling unit, the basic function and performance char- 
acteristics a re  not significantly changed over the ranges of missions considered, 
hence they a re  not presented parametrically. These components a re  discussed in 
detail in the point designs. 

4.2.3.5.1 Antennas 

The antenna investigation has been restricted to specific designs and associated 
predicted patterns at both 400 MHz and S-band with the exception of the theoretical 
gain versus beamwidth curve which assumes a pencil beamwidth and a 60 percent 
efficiency. The resultant antennas presented generally represent the range of accept- 
able antennas from a size consideration for theHard Lander vehicle. In general, the 
antenna pattern has been required to be symmetrical about the vehicle/antenna axis 
because of the uncertainty in landing orientation. 
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The accuracy of the predicted patterns, particularly at 400 MHz, is questionable 
on the skirts of the main lobe; however, it should provide reasonable estimates for 
comparison purposes. To improve the accuracy of the patterns, measurements 
should be made on models of the intended vehicles; changes inthe Lander configuration 
would, of course, alter the measured patterns to the same status as the ones pre- 
s ented here. 

The antennas can meet any environment that the bulk nylon and foam (if desired) 
can meet. Hence, there a re  no anticipated problems in the antennas meeting the 
environmental requirements of the program. The mechanical deployment mechanisms 
present a more severe problem which is discussed in detail in Volume IV. 

Four S-band antennas are shown in figs. 4.2.3-38, -39, and -40. The corresponding 
antenna patterns are illustrated in figs. 4.2.3-39 and -40. The wide beamwidth antenna 
(fig. 4.2.3-38A) is a one turn helix mounted in a conical cup. The nylon tube holding 
the helix does not extend about the conical cup, The 3 dB beamwidth of this antenna 
is approximately 120° with a peak gain of 5 dB. The second antenna (fig, 4.2.3-38B) 
provides a peak gain of 7 dB with a 90° 3 dB beamwidth. The predicted pattern is shown 
in fig. 4.2.3-39B. This antenna is similar to the previous one, except that the nylon 
tube extends an additional two inches above the conical cup and holds two helical turns. 

The third antenna has a 33 O ,  3 dB beamwidth, This is shown in fig. 4.2.3-38C and 
its calculated pattern in fig. 4.2.3-40A. 

A sketch of a 24 dB gain S-band array is shown in fig. 4.2.3-38D. It consists of 
seven helices, each in a conical cup similar to those in figs. 4.2.3-38A and B. Each 
helix is 14 inches long when released and is sewn into a nylon stocking of that length. 
The helices are  compressed into cups until deployed. The cups are  formed by 
metalizing the surfaces hollowed out of foam that sit upon the back of a stripline board 
that also incorporates the array feed. The calculated pattern is shown in fig. 4.2.3-403. 

The configuration of the wide beam 400 MHz antenna is that of a "pill-box" eight 
inches in diameter and two inches deep (fig. 4.2.3-41). The top surface of the box 
is flush with the vehicle outer surface and has two orthogonal slots two inches wide 
and eight inches long. The slots are  tuned with capacitors to match the input ahd they 
provide circular polarization. The bandwidth of this antenna is about 2 MHz. The 
predicted pattern is shown in fig. 4.2.3-42. 

Two other 400 MHz antenna designs a re  included, The first, shown in fig. 
4.2.3-43, provides a broad beam width pattern. However, the bandwidth is increased 
significantly, The second antenna is a cross Yagi antenna (fig. 4.2.3-44). This 
antenna provides the highest practical gain at 400 MHz. It has a 9 dB gain with a 
beamwidth of 6 5 O  and has a bandwidth of 40 MHz. 
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Figure 4.2.3-39. S-band Predicted Antenna Patterns 
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Figure 4.2.3-40. S-band Predicted Antenna Patterns 

4-90 111 



i 8" 

-3 0 3DB 6DR 

Figure 4.2.3-42. 400 MHz Antenna Pattern 
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4.2.3.5.2 Transmitter 

The maximum transmitter power output considered is 50 watts at both 400 MHz 
and S-band to avoid antenna breakdown during entry. In the case of the S-band 
transmitter, primary consideration has been given to the 20 watt TWT amplifier 
developed by Watkins-Johnson for JPL to meet the high shock and sterilization require- 
ments of a Hard Lander. It is this device which is used for the point designs; its design 
constraints were  also used to determine the characteristics of a 50 watt device for 
parametric studies and Lander maps. The use of an all solid state transmitter was 
not considered since the current state-of-the-art of semiconductors limits their 
efficiency to 10 to 15 percent compared to the de to r-f efficiency of the TWT of 
greater than 26 percent. 

The 400 MHz transmitter will be solid state and characteristics are  shown para- 
metrically in figs. 4.2.3-45 and -46 for the range of power outputs of 5 to 50 watts. 
In order to meet the high shock environment, potting will be required throughout the 
transmitter. 
range of -4OOC to +7OoC with negligible warmup time at any temperature. Aging of 
the oscillator will be 1 ppm per year. While the state-of-the-art in temperature 
compensated crystal oscillators has reached the point where stabilities on the order 
of 1 ppm or  better a re  achievable, the 10 ppm stability is considered conservative to 
allow for slight deformation of the crystal structure o r  holder due to the high shock 
levels. 

The transmitter oscillator stability will be 10 ppm over a temperature 

4.2.3.5.3 Multicoder 

The multicoder designs considered in the parametric study provide for several 
modes of operation with the selected mode or modes being controlled by the 
programmer. The parametric curves in fig. 4.2.3-47 show the effect of changing 
the composition of the 100 analog engineering channels from all high level (0-5V) 
channels to all low level (0-50 mV) channels. The base unit is based on 100 high 
level analog channels for diagnostic data, 22 high level science analog channels, 
and 17  digital input channels. 
inches, the weight is 3.5 pounds and the unit would consume 11 watts. The effect of 
adding 8 bit parallel inputs is shown in fig. 4.2.3-48. 

In this case the unit dimensions a re  3.5 X 4.25 X 6.0 

4.2.3.5.4 Effect of High Shock and Sterilization 

The components of the telecommunication system are  not generally susceptible to 
the high temperature associated with the sterilization process. Almost all of the 
electronic equipment will require complete potting of the components in order to meet 
a 1000 shock requirement, thereby complicating both their design and manufacture. 
Once this is accomplished it is anticipated that the increase to 3000 g's impact shock 
will not require further penalty. A 50 watt solid state VHF transmitter designed at 
GE was tested in a sterilization environment (145OC) and at 5000 g shock without 
degradation (ref. 4-24). 
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Figure 4.2.3-45. Efficiency of 400 MHz Transmitter vs Power Output 
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Figure 4.2.3-46. Size and Weight of 400 MHz Transmitter vs Power Output 
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4 .2 .4  SAMPLE COMPUTATION 

4.2.4.1 Mission Definition 

In this section, an example link solution is given for a specified mission, using 
the parametric data. The mission is defined as  an out-of-orbit entry with a landing 
date of April 30, 1974. The landing site is at 10°N latitude; on Earth three 210 foot 
DSN stations are assumed to be available throughout the mission lifetime of 90 days. 
The initial data will be returned via a relay link while the extended mission will 
utilize a direct link. The data to be returned via the relay link consists of scientific 
and engineering measurements made after landing, up to 100,000 bits of stored entry 
data, and imagery dataresulting in total bit return of 1.073 X l o 7  bits. 

The data required to be transmitted daily on the direct link is 14,560 bits 
consisting of reduced science and engineering measurements. 

From trajectory information, it was determined desirable to transmit the data 
during a five minute period during which the maximum range does not exceed 2000 km. 
This information is sufficient to evaluate the link performance from the parametric 
curves. 

4 .2 .4 .2  Periapsis - Relay Link 

First consider a periapsis relay link. From the discussion in para 4.2.1.2,  
the preferred mode for a periapsis relay link is a non-coherent FSK system. From 
fig. 4.2.3-10, a data rate of 35.6 kbps is obtained as  the data rate required to 
meet the mission objectives. 

At this point, if the range rate were known, the doppler frequency could be 
determined from fig. 4.2.3-11. The oscillator frequency uncertainties of both 
the transmitter and the receiver local oscillator must be added to the doppler frequency 
uncertainty. This results in a minimum bandwidth constraint on the receiver. In the 
present case, a 20 kHz total frequency uncertainty is assumed. 

With frequency uncertainty and data rate determined, the required signal-to-noise 
power density ratio (S/No) is obtained from fig. 4.2.3-12 as 59 dB, including 2 dB of 
detection loss. 

The remaining parameter to be determined is the transmitter power required 
to satisfy the required S/N obtained. Fig. 4.2.3-15 presents the available S/No 
as a function of the total e8ective antenna gain and transmitter power at a range of 
2000 km. Assuming a 0 dB gain antenna on the Lander and a 1 dB minimum antenna 
on the space Orbiter, the effective antenna gain is 1 dB. The required transmitter 
power is approximately 35 watts, including 4 .0  dB margin and 2.0 dB detection loss. 
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4 . 2 . 4 . 3  Direct Link 

The direct link Communication System can be determined in a similar manner. 
However a slightly different set of assumptions is utilized. The extended mission pre- 
sents additional constraints, one of which is power conservation. The assumption is 
also made that it is desirable to return the maximum amount of data toward the end of 
the mission. 

Assuming then that a vertically oriented antenna is desired, the beamwidth re- 
quirements can be obtained a s  shown in para 4.2 .2 .1 .  The optimum antenna beamwidth 
on 4/30 is 23' , while ninety days later it is 33'. The optimum beamwidth remains less 
than these values for the intervening time interval. Therefore, a 33' beamwidth vertic- 
ally oriented antenna will provide a satisfactory view period of Earth during the entire 
mission life. The minimum period during which Earth is in view is 5750 sec (para 
4.2 .2 .1) .  The corresponding peak antenna gain is approximately 14 dB from fig. 
4.2.3-31. 

Since the transmission time is to be minimized under the previous constraints, 
the next step is to determine the available signal-to-noise density ratio (S/No) in order 
to determine the maximum allowable data rate. A twenty watt TWT amplifier is known 
to be available for this application and its utilization is assumed. The difference in the 
space loss on 4/30 referenced to January 1, 1974, is about 7.8  dl3 more (from fig, 
4.2.3-29) while at the end of the mission it is 10.0 dB. By selecting the worst case 
range (i. e. , -10 dB increment in space loss) a worst case maximum data rate results. 

Referring to fig. 4.2.3-30, the available S/No on January 1, 1974, can be obtained 
directly for the case at hand. The vertically oriented antenna optimization assumes a 
3 dB pointing error ;  therefore, the antenna gain times the pointing loss is 11 dB, Thus, 
the available S/No for a 20 watt transmitter is 33.5 dB on January 1. Reducing this by 
the increased space loss of 10 dB gives 23.5 dB available S/No; this includes 1.5 dB 
margin for adverse tolerances, 2 . 3  dB transmit circuit loss and 0 . 1  dB polarization 
loss. The data rate is then obtained directly from fig. 4.2.3-28 as 15 bps uncoded for 
the 12 Hz receiver bandwidth. 

The time required to transmit the 14,560 bits is about 970 sec, which is less than 
the available transmission time. The maximum data return capability on the last day 
of the ninety day mission is 84,000 bits allowing 150 sec acquisition time. 

4 . 2 . 4 . 4  Apoapsis Relay Link 

The requirement assumed in this case is to transmit the same data as in the peri- 
apsis relay case, that is, 1.073 x lo7 bits. From the possible worst case slope of 
34', an additional slope of 12' due to unsymmetrical crush-up, and the desire to re- 
main 10' above the antenna ground plane, it can be assumed that the transmission 
should be completed between elevation angles of 56 ' . From trajectory information, 
the available time for transmission is 16,200 sec. During this time, the maximum 
range is 33,180 km and the range rate excursion is about 182 km/sec resulting in a 
doppler frequency shift of 240 Hz. 
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An acquisition time of 100 sec is assumed as  a reasonable time, resulting in a to- 
tal time available for transmission of 16,100 sec and a required data rate of 672 bps. 

As in the previous relay link, the frequency uncertainty due to the oscillators (both 
transmitter and receiver local oscillator) is 12 kHz. The total uncertainty is about 
12.3 kHz (oscillator uncertainty plus doppler shift). 

Using fig. 4.2.3-13 to obtain the receiver loop bandwidth for a 100 sec acquisition 
time and 12.3 kHz frequency uncertainty gives a 35 Hz bandwidth requirement. The 
required S/No is as obtained from fig, 4.2.3-14, 38 dB. From fig. 4.2.3-17 the 
range correction factor of -24.5 dB is obtained. Combining the required S/No and 
the increased range so as to be compatible with fig. 4.2.3-15 results in an !'effective 
required" S/No of 62.5 dB. 

The antennas on both the Lander and Orbiter are  assumed to be identical. In 
fig. 4.2.3-41 the gain over the required 80' angle from boresight is a minimum of 
0 dB. The Orbiter has a worst case gain of 3 dB including pointing loss, resulting in 
a minimum combined antenna gain of 3 dB. From fig. 4.2.3-15 the transmitter power 
is read at 50 watts. 
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4.3 ELECTRICAL POWER AND DISTRIBUTION 

A. Introduction: 

The objective of this section is to provide parametric data on power sources, power 
conditioning equipment, power control, and distribution equipment which will permit the 
synthesis of Hard Lander designs. The approach is to start with the system power pro- 
file parameters which establish power source requirements. Four types of sources are 
considered: batteries, fuel cells, solar cells, and radioisotope thermoelectric generators. 
For each of these power sources, parametric data are developed which enable the sizing 
of the source and auxillaries for variations of the environmental and system conditions. 
Similar data are provided for the conditioning, control and distribution equipments. 

Following this, the subsystem synthesis techniques are introduced. This involves 
data and relationships which permit the determination of storage battery, regulator, o r  
conditioning requirements, and which result in a balanced combination for solar cells, 
fuel cells, and RTG's. In this manner, the size of solar panels, the charge regulator, 
and the associated storage battery are matched in capability to meet the power profile 
requirements. This section is developed through use of example calculations. 

Finally, in the tradeoff section, various solar panel orientations are considered 
and the four power sources compared. As an aid to system comparisons and design 
selection, the regions or loci of least weight or  volume have been developed para- 
metrically. Summary curves are developed both with and without RTG's; with and with- 
out the use of a "three day" battery. 

B. Study Organization and Presentation 

The material that follows is organized to show the step-by-step development of 
parametrics. The requirements are first stated, followed by a description of the com- 
ponents on which the parametrics are based. The synthesis then follows. This in- 
cludes assumptions, component parametric data, and usage of subsystem data. Lastly, 
the tradeoffs and optimum trends are developed. 

Each of the subsections are identically organized with a discussion of the power 
sources: batteries first, followed by solar cells, fuel cells, and RTG's in that order. 
Next follow the inverter and regulators. Finally, the harness and connector data. 

4.3.1 ELECTRICAL REQUIREMENTS AND DESCRIPTION 

4.3.1.1 Functions 

The electrical power and distribution subsystem provides the equipment which 
supplies, controls, and transmits electrical energy throughout the vehicle. The 
various electrical/electronic functions to be performed in the Lander are given in 
table 4.3.1-1. 
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TABLE 4.3.1-1. LANDER ELECTRICAL SYSTEM FTJNCI'IONS 

Programming 
Circuit protection 
Voltage regulation 
Electromagnetic compatibility 
Power conditioning 
Data encoding 
Initiation 
Sensing - pressure, temperature, acceleration, velocity, 

Data transmission and propagation 
Power transfer 
Disconnection 
Energy sources 
Data distribution 
Signal and command distribution 
Power busb aring 

photoimagery , impact, motion, field intensity 

4 . 3 . 1 . 2  Requirements 

The requirements for the electrical energy as well as the control and distribution 
requirements are derived from electrical/electronic systems studies. Power profiles 
reflecting all the onboard electrical/electronic equipment are used to develop sub- 
system requirements. Generally these profiles contain three distinct operating periods; 
entry, initial landed operation, and the extended mission. In order to achieve practical 
designs in the extended mission, energy radioisotope techniques are introduced. This 
includes turning off all equipment except a timer, a UHF receiver, and associated 
voltage regulators as well as using radioistope elements for temperature control. 
Under these conditions a typical power profile may be summarized by table 4.3.1-2.  

In the extended mission, considerable flexibility exists for performing various 
scientific measurements on Mars.  Through the command system, the sequence of 
operations and the particular scientific instruments used may be changed. For the 
"minimum" science package, the resulting power profiles may be summarized para- 
metrically (fig. 4.3.1-1).  With imagery, the profile parameters a r e  shown in fig. 
4.3.1-2.  

In addition to scientific instrument sequences, programming is required for pyro- 
technic initiation, release operations, deployment functions, activation, transmission, 
sequencing and checkout. The associated requirements a re  summarized in table 4.3.1-3.  
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TABLE 4.3.1-2. POWER PROFILE SUMMARY 

Electrical Equipment 

Telecommunications 

Scient if ic Paylo ad 

Total Energy 

Average Power 

Demand Factor 

Subsystem 

I* Does E t  

Entry 

71.6 

63.6 

37.1 

172.3 

86.2 

4.2 

First 
Day 

251.5 

895.7 

124.3 

500. to 1650. 

5 to 60 

6 t o 2 0  

-I 
Following I 

I 

Days* I Units 

0.75 

12.65 

50.30 

100 to 2 

4 t o  10 

Watt-Hours 

Watt-Hour s 

Watt-Hours 

Watt-Hour s 
I 

I 
I watts 

25 to 70 N.U. 

include any imagery. 

- AVERAGE POWER 

OPERATIONS PER MARTIAN DAY, NUMBER 

4-102 

Figure 4.3.1-1. Ektended Mission Power Profile Parameters 
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Figure 4.3.1-2. Extended Mission Power Profile Parameters (With Imagery) 

TABLE 4,3,1-3. COMMAND, CONTROL AND SEQUENCE REQUIREMENTS 

Parameter 

Number of Channels * 

Re solution 

Accuracy 

TYPe 

Launch and 
Cruise Entry Landed 

4 

1.0 min 

0.05% 

Flexible via 
command 
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* Channels as used here means programmed sequences. 
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Electrical power may be regulated to achieve battery charge control o r  to provide 
voltage stability. These requirements are developed from the equipment needs in con- 
junction with the power profile. Typical values a r e  noted in table 4.3.1-4. 

TABLE 4.3.1-4. REGULATION REQUIREMENTS 

Function 

Requirement 

Regulation Tol. 

Input Range (Volts 

Portion to be reg- 
ulated (%) 

Battery 
Charging 

f 0.4 

0-100 

0 to 42 

100 

Electronics 
(data processing 
sequencing, etc. ) 

* 5  

* 20 

24 to 42 

80 

R-F 
Equipment 

f 10 

* 20 

24 to 42 

95 

Scientific * 
Payload 

.to. 5 

25-100 ** 

24 to 42 

100 

* Certain instruments may require tighter voltage regulation at very low power levels. 
** Applies only to the operating period; note that all payload instruments are off, in 

the dormant mode. 

In the M a r s  Hard Lander harnessing wil l  be required for approximately 35 com- 
\ 

ponents plus the scientific payload components. The minimum science package may in- 
volve nearly 30 additional components. Distances required for harnessing depend on the 
particular diameter of the landed subsystem container, the requirement varying from 
design to design over a range of 24 to 60 in. 

4. 3.1. 3 Component Definition 

4.3.1.3.1 Batteries 

Four battery systems have been selecteh that are capable of steri ization, high 
shock resistance and cover the wide field of performance necessary for parametric in- 
vestigations. Because of the controversial performance characteristics of sterilized 
silver-zinc batteries, this section has been expanded to provide data to justify the para- 
metric curves in this report. 

A. Silver Zinc Batteries 

Eight battery manufacturers o r  users  were solicited to determine the state-of-the- 
art. The Yardney Corporation, Whittaker Corporation and Gould National had not made 
any progress into sterilization techniques. General Motors had been contracted by JPL 
to develop a system and provided a sterilized cell capable of two months wet life and 11 
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watt hours per pound before the contract was terminated. Other work includes JPL/ESB, 
McDonneU/bouglas and GE/RS/Eagle Pic her developments . 

The McDonnell/Douglas work has been concentrated on a proprietory inorganic 
separator material. Sterilization has been successful and 11 watt hours/lb is possible, 
although the high impedence separator makes the cells, temperature and current density 
(demand factor) sensitive. Because of the brittle nature of the inorganic membrane it 
was considered doubtful whether the design would survive high shocks. 

The JPL  development contract with ESB and ESB-financed work has produced 
sterilized batteries with high shock resistance. Numerous types of separators are 
under consideration, most of which are irradiated cross linked polyethylenes with 
coboxalic grafts. RAI 116 and RAI 110 appear to be giving the best electrical per- 
formance. As in most vendor designs, the work is being performed on single cells. 
These cells have to be designed to withstand vapor pressures of the electrolyte during 
sterilization without distortion which considerably reduces the power-to-weight ratio. 
In spite of this disadvantage, power densities of 30 wh/lb a re  envisaged and 9 wh/lb 
achieved. 

The ESB design includes support frames around each plate to increase rigidity 
on an otherwise floating plate. Shock applied in any direction causes the plate to 
move about the one fixed point which is the terminating sleeve. With low capacity 
cells and small light plates, high shock levels can be attained although some loss 
of active material must occur if any movement takes place. Obviously, with increased 
capacity cells, larger plate masses wil l  cause deflection at lower g levels unless the 
support frames are prohibitively large. ESB report E-5-68 shows that their design is 
shock limited and in larger batteries, i. e. 80 AH'S, 200 g shock would be the maximum 
possible. 

General Electric and Eagle Picher design engineers embarked on a preliminary 
development phase, with the major objective being to provide a shock resistant sterile 
battery with similar characteristics to standard units. With Eagle Picher conventional 
design and manufacturing processes, Biosatellite batteries weighing 13 5 lb and giving 
14,000 watt hours have been tested to 30 g 's  and 82 lb; 4,200 watt hour batteries for 
Centaur at 500 g's. These batteries were not tested to the limit and clearly indicate 
that with the Eagle Picher construction, higher shocks than those quoted in the ESB 
report can be achieved. To improve the shock resistance, it was further necessary 
to prevent the cell plates from moving and improve the binding strength of the negative 
plate. The manner in which this was done is described in General Electric Report 
TIS 67SD337 and summarized later in this section. With the completely rigid cell 
pack that this design provides, very high shocks are believed feasible on batteries 
weighing 200 lb, a size far beyond that envisioned for the Mars  Hard Lander. 

To provide high power densities and be capable of sterilization it was apparent 
that singe1 cell sterilization is not the best approach. A unique battery construction 
was devised which is also described in General Electric report TIS 67SD337 and 
summarized in this section, 
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A standard positive plate supported on a silver expanded grid was used in con- 
junction with a zinc oxide negative with approximate 2 percent polyethylene as a binder, 
2 percent mercuric oxide for long stand capability and MnO2 as an expander permitting 
imp roved redistribution during recharge. 

The electrodes were separated by 0.002 in. polypropylene felt wrapped around 
each plate and six layers of modified Permion 307 Mn, rrUr' wrapped around the posi- 
tive electrodes. The Permion separater was the type normally rejected by battery 
manufacturers screening tests because of excess porosity. Modification by soaking 
in permanganate and washing in oxalic acid increased the high temperature performance 
while reducing the pore size to a satisfactory level by filling the voids with MnOZ. 

Polypropylene cases of normal thickness and fitted with relief valves were used* 
to house the cell packs which were stuck to the base of the cells. 45 percent KOH 
electrolyte was added. 

Six such cells were connected in series and encapsulated in a stainless steel canister 
having an hermetically sealed lid. A water saturated pad was attached to the inside of 
the lid before sealing. See figs. 4.3 .1-3  and 4.3.1-4.  

*Cells had relief valves to permit gassing into an hermetic sealed outer can, 

STAINLESS STEEL CASE 
WATER ABSORBANT PAD 
GLASS TO METAL SEALS / (TERMINALS) 

CELL VENTS 

RELIEF VALVE 

ASBESTOS SHEET 

POTTING COMPOUND 

. CELLS 

Figure 4.3.1-3.  Battery Design 
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Figure 4.3.1-4. Battery, Model MHT, and Individual Cell 
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Sterilized in this form, evaporation of electrolyte was  prevented by the equalizing 
pressure of water vapor from the pad on the lid which kept the relief valves closed. 
The stainless steel can was designed to support the internal pressure, thus removing 
the need for heavy single cell design. Within the cell certain changes took place which 
provided a robustness for shock survival. Partial softening of the additives in the 
negative and the polypropylene felt provided some adherence of components across 
the whole cell pack. This is no way affected the performance of the semi-permeable 
membrane. 

After sterilization in accordance with J P L  Spec GNIP-50436-0)SN-A and shocks 
of 2000-g six times in each axis, two batteries provided data that were used as the 
basis for the parametric study. One battery, stored in the charged state, exceeded 
13 months life and another, which was stored in the discharged state for 10 months, 
still continues cycling after 34 months life. Table 4.3.1-5 gives performance data. 

The battery that failed after 13 months was examined to determine the cause of 
failure and to investigate shock damage, if any. Failure was partially due to loss of 
hermetic seal in the battery case probably through a damaged glass-to-metal terminal. 
This loss caused some dehydration of the cells. Charged wet stand accelerated the 
normal electro-chemical degradation and migration of silver and zinc through the 
separators was extensive. The shock tests had no visible effect on the cells except 
for rippling of the folded edges of the separators. The resilience of the separator 
was sufficient to prevent fracture. GE TIS 67SD337 gives a complete analysis. 

The test data presented in this report shows that the GE-RS/Eagle Picher design 
has superior wet stand capability, cycle life and shock resistance than any other design 
presently available. It is the only design that will meet the more severe requirements 
of hard landers. Continuing surveillance of all vendor developments wil l  be necessary 
to enable GE to update curves when other vendor performance surpases that of the 
Eagle Picher battery. 

This design concept appears to be more acceptable for Hard Lander vehicle designs 
than the alternatives because weight, volume and shock resistance a r e  at a premium. 
In spite of 100 percent success on the cells and batteries, and high confidence in repro- 
ducibility, insufficient testing has been performed to offer reliability figures. 

Limitations to performance a re  caused by the high impedence of the semi- 
permeable membrane. Changes in current density o r  temperature has a marked 
effect on voltage output as seen by the parametric curves. 

B. Silver Cadmium Batteries 

Silver cadmium batteries following the same design criteria as in A. above failed 
due to the cadmium plate reacting with the acrylic graft of the Permion 307 MN separator. 
Newer separators of the Permion series with modification as described in A. would 
probably resolve this problem. 
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Without this design approach, the silver cadmium battery would be little better 
than the nickel cadmium system. The parametrics are given in section 4.3.2, which 
follows, as figs. 4.3.2-2, -4, -7, -8, -10, -11, -12, -24, and -25. This approach 
is therefore based on a reasonable assumption that this problem can be resolved. 

C. Nickel Cadmium Batteries 

Many manufacturers have nickel cadmium batteries that have demonstrated 
sterilization immunity without significant loss in cycle life o r  electrical performance. 
Data is lacking on high shock resistance although the cell structure presents no in- 
surmountable difficulties regarding strengthening. 

Within the scope of the present study, the silver zinc o r  silver cadmium cell 
would meet the cycle requirements with considerable weight savings. For this 
reason only, consideration of the NiCd electro-chemical system has been deferred. 

For extended missions, to meet cycle life requirements, silver-zinc battery 
weights would approach the lower level of the nickel-cadmium battery and would be 
replaced by this highly reliable system. 

D. Thermal Batteries 

Thermal batteries are ideal systems for high power demands and short mission 
durations. As such they wil l  be used for certain re-entry functions which would 
otherwise deplete the prime battery energy and increase its weight and volume due 
to increased demand factor. 

The device normally operates well above the sterilizing temperature range. 
Activation is achieved by an electrical impulse and an ignition train that melts the 
fuzed salt electrolyte, thus providing electrical output. 

The parametric curves (fig, 4.3.1-5) indicate low power densities, but the weight 
penalty is not as severe as the weight increase required in the prime battery. 

This contractor has built re-entry vehicles which have carried a total of appro- 
ximately 850 thermal batteries on successful re-entry flights. Every available indi- 
cation (T/M returns) show proper thermal battery operations without exceptions. 

4.3.1.3.2 Solar Cel l  Panel (Photovoltaic conversion) 

The parametric data developed here are based on 11 percent efficient (A. M. 0. , 
28" C) Heliotek, 8 mil, 2 ohm-cm N/P cells with covers. The panel structure is an 
aluminum honeycomb sandwich with a minimum core density of 1.0 lb per  cubic foot 
and a crushing stress of 30 psi. 

A. Flat Pack 

A flat pack concept has been developed to provide unique stowage features for the 
Hard Lander. This concept involves a hinged construction as illustrated in fig. 4.3.1-6. 
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Depending on the landing terrain, it is possible for a Hard Lander to bounce o r  
roll in such a way that it comes to rest upside down. The folded solar package is 
rigidly mounted in the Lander and may be unfurled through either the top o r  bottom, 
whichever has landed facing up. A special feature of this concept is that regardless 
of which way the panel is unfolded, the deployment is such that the side of the panel 
containing solar cells will be facing the sky. In the folded condition, the panels are  
held firmly against the frames to provide shock hardening. This tension packaging 
is removed by operation of pin pullers which release the array for spring forced 
unfolding. In this way a single motion deployment is achieved. 

0 

-0-  VOLUME - WEIGHT 

.5 

MISSION DURATION, SECS 

Figure 4.3.1-5. Performance Characteristics of Thermal Batteries 
With Chloride Electrolyte. 

I11 4-111 



U 

4-112 



B. Roll-Up Array 

A flexible base solar array which is stowed in a rolled configuration is under 
development* for zero 'g' applications. By including a layer of damping material 
on the back of the flexible base, each solar cell wil l  face damping in the rolled 
condition. 

Through the use of high tension binding straps, a shock resistant package is 
obtained. In this approach the individual cells rlfloat'l during the shock environment, 
thereby avoiding the possibility of substrate flexure that may be encountered in large 
area sub-panels, In the deployment of this array, first an empty frame is unfolded 
and then the flexible solar array is unwound onto the frame using motor driven cables 
along the edges to provide operation and use in a gravity field. 

4.3.1.3.3 Fuel Cells 

For extended missions where solar cells may have unknown performance as a 
consequence of parameters such as cloud and dust attenuation, landing angles, etc., 
and when more exotic power sources are uneconomic, the fuel cell provides a suit- 
able alternative. 

The following three types have been considered: the high temperature H2/02 
system, the LiCl system and the H2/02 solid electrolyte ion exchange fuel cell. 

The selection of a practical design is limited by the lengthy dormant period prior 
to landing. The high temperature hydrogen oxygen systems require heavy subsidiary 
control and monitoring equipment which make the weight factor a prohibitive feature 
in selection. 

Fragility of graphite components in the lithium chloride systems, and difficulty 
in overcoming this problem, caused the rejection of this device for Hard Lander 
vehicles. At low shock levels it has many advantages. 

The solid electrolyte ion exchange fuel cell in its present form can be remotely 
activated without heavy auxiliaries. 
design for shock resistance, although it is recognized that a substantial weight in- 
crease will be incurred. 

No major technical difficulties are envisaged to 

The solid electrolyte material currently used in the ion exchange system for 
NASA's BIOSATELLITE** has demonstrated a capability of performing after being 
subjected to sterilization temperatures. Structural changes incorporating high temp- 
erature resistant materials will  nominally increase weight. For these reasons, this 
system was chosen. Long term storage in the interplanetary phase necessitates the 
use of high pressure tankage as opposed to cryogenic storage. Sterilization and shock 
factors have been incorporated in the parametric studies. 

111 

* Contract J P L  951970 
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The parametric data of figs. 4.3.2-38 through -43 include shock and sterilization 
factors together with those tabulated on the curves. Fuel cell stacks, reactant storage, 
product water storage, radiators, batteries, electrical and pneumatic regulators have 
been included. 

4.3.1.3.4 RTG 

For  extreme mission durations, such as a year o r  more, where cumulative energy 
consumption excludes primary batteries and fuel cells, and where the ravages of the 
Martian environments cast doubt on solar cell longevity, the radioisotope thermoelectric 
generator is considered. The Hard Lander approach requires the use of ruggedized 
construction to withstand landing shock. For this reason the parameters a re  based 
on a concept under development by the Westinghouse Corporation. 

These converters have been constructed in various lengths and diameters to obtain 
various voltages and power levels. Fuel capsules are yet to be fabricated for these 
particular devices. Electrical heaters have been used to simulate such isotope fuels 
as Pu238, SrgO, U232, and Po2l0. These designs have been investigated for electrical 
outputs of 20 to 100 watts raw unconditioned power. 

4.3.1.3.6 Regulators and Inverters 

Regulation may be obtained by semiconductor switching time-ratio control, by 
semiconductor analog control or by inverters with dc o r  ac regulation. Selection of 
the type depends on the need for isolation, for impedance match, for voltage boosting 
and for ac output. The semiconductor regulator without inversion provides lightest 
weight but none of the other four features. For purposes of this parametric study it 
is assumed that all battery charge regulators in the solar cell and fuel cell approaches 
a re  semiconductor TRC type and that all others are isolating inverter type. 

4.3.1.3.7 Harnesses 

The following harness insulation is recommended for interplanetary space 
vehicles . 

Kapton, formally called H film, is an aromatic polymide resulting from the 
reaction of pyromellitic dianhydride and an aromatic diamine. It is used in con- 
junction with Teflon, FEP - fluorcarbon film. The main function of the FEP is to 
provide heat sealability since Kapton has no melting point and is, therefore, not 
heat sealable. The specific construction is referred to as HE-l/BT. This insulation 
consists of an outer wrap of 0.0005 in. polymide, 0.0005 in. FEP and an outer jacket 
wrap of 0.0005 in. TFE. 

Heat sterilization, based on a temperature of 16OoC, would have no detrimental 
affects on Kapton (H-film) insulation. 
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Harnesses which will  be used for this type of mission have the following additional 
characteristics : 

1. 

2. 

3. 

The wi re  is produced to MIL 81044. 

The shielding is round braided tinned copper. 

The connectors utilized will  meet either of two specifications, MIL 38999 
o r  NAS 1599. 

The harnesses will be wrapped with RTV tape. 4. 

4.3.2 SUBSYSTEM SYNTHESIS 

4.3.2.1 Assumptions and Constraints 

The assumptions used in developing the electrical power and distribution parametric 
analysis are listed in  the following paragraphs: 

4.3.2.1.1 Battery Assumptions 

1. 

2. 

3. 

4. 

To permit meeting shock and handling requirements the largest single 
battery to be constructed weighs 200 lb. Beyond this a multiple battery 
pack is assumed. 

The environmental control system will  use non-electrical means (radio- 
isotopes) to maintain the battery temperature between +50 and +SO0 F at all 
times (including cruise). 

The wet stand loss follows an Ahrenis chemical rate law. 

The terminal voltage may swing from 24 to 32.5 volts during discharging 
usage, and up to  42.5 volts during charging. 

4.3.2.1.2 Solar Cell Assumptions 

1. 

2. 

3. 

4. 

5. 

Flat pack solar array storage is used. 

The maximum panel width is 18 in. 

The maximum panel length is 35 ft. 

The distant terrain produces a *15 degree mask. (i. e. , sunrise and sunset). 

Unless otherwise noted on the curve, the solar array is deployed parallel 
to the local horizontal within 15". (No angle penalty beyond the mask. ) 

Winds are considered to produce negligible loads. 

The panel regulator provides a proper voltage match to the battery for full 
power utilization. 

6 .  

7. 
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4 .3 .2 .1 .3  Fuel Cell  Assumptions 

1. Solid electrolyte ion exchange type fuel cell. 

2. High pressure storage of oxygen and hydrogen. 

3. Product water stored in expanding polyethylene type container. 

4. Radiator is a geometrically designed pagoda shaped active type. 

5. For radiator calculations, the planet surface temperature has been stated 
as 180°F, representing the worst case temperature. The landing angles 
are 15 and 0". 

4.3 .2 .1 .4  RTG Assumptions 

The RTG has a 360' view angle for radioactive cooling, 

4 .3 .2 .2  Component Parametric Data 

The various working level o r  component parametric curves developed to permit 
Hard Lander synthesis are described below. For application and use of the curves 
see examples in para. 4.3 .2 .3 .  * 
4 .3 .2 .2 .1  Battery Parametric Data 

The battery parametrics were derived from empirically determined scaling o r  
modeling laws supplemented by environmental and application functions. 

It is recognized that the percentage of active material is greater in large batteries 
than in smaller ones. This means there wil l  be more "watt-hours" per pound in the 
larger units. Empirical data indicates that sterilized silver-zinc battery weights 
vary as the 0.804 power of the watt-hour rating. Similarly, the percentage of the 
battery volume allocated to studs, wiring, connectors , and void spaces decreases 
in the larger sizes. Thus, the volume varies as the 0.78 power of the watt-hour 
rating. These parametric relationships apply to low discharge rate applications 
figs. 4.3.2-1 through -12. For high rates the battery becomes current rate limited 
and additional cell area must be provided. Even through the necessary total amount 
of active material remains the same, the increased cell area results in less efficient 
packing and material utilization. Defining the plate aspect factor as the ratio of plate 
length to thickness, it has been observed that the volume varies as the 0.21  power of 
the aspect factor in rate limited designs as indicated in figs. 4.3.2-13 and -14. 

*Para. 4.3 .3 .2  shows that fuel cells offer advantages primarily in the higher power 
regions where active coolant approaches are used. 
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The battery must meet a specified output voltage range o r  regulation. This 
establishes the battery cut-off voltage and hence the cell cut-off voltage. Different 
cut-off points infer a different percentage utilization of the ampere-hour capacity. 
This phenomena is both demand, i. e. , current, and temperature dependent. Higher 
currents produce more polarization drop requiring an earlier cut-off; lower temp- 
eratures aggravate this condition. The usable ampere-hours are found to vary linearly 
with maximum current with a two segment piece-wise linear curve used to represent 
the temperature sensitivity, Such calculations permit the determination of the factor 
or  proportionate increase in capacity required so that the necessary watt-hours are 
obtained prior to cut-off. In this way the battery size and weight may be established 
as a function of minimum temperature and demand factor. The electrical parameter, 
demand factor, is defined as the ratio of peak power demand to average power con- 
sumpt ion. 

During the activated wet stand prior to use, and during the discharge period, the 
battery will  suffer parasitic chemical action which results in the loss o r  unavailability 
of active material. This is a chemical rate phenomena, dependent on temperature, 
which was determined by using an Ahrenus type rate equation with rate doubling for 
each 10 centigrede degrees of temperature rise. 

Mechanical designs to withstand shock and vibration result in container and 
potting weight increases. These effects are small enough that the particular functional 
relationship is not critical to battery design. An exponential relationship has been used 
in this study where, based on successful tests to 2000 g's for 10 milliseconds, the 
approach is to use normal aerospace shock resistant construction where the plate ends 
are potted to the cell case. These parametrics are useful to at least 2000 gcs ,  where 
these precepts are valid and none of the materials reach the rupture stress level. 
Using potting techniques, this level requires a 7 percent weight increase. 

It is recognized that vibrational failure occurs at the resonant frequency of a com- 
ponent in a particular design. Through studies of a large variety of battery types, 
sizes, and designs, GE/RS has developed stiffening techniques which shift the resonant 
frequency outside the required environment. This is achieved with about a 1 percent 
weight increase which is included though not always required. Vibration to the 30 'g' 
level thus involves a 1 percent weight increase. 

Thus, the potting approach to shock hardening involves a 7 percent weight increase 
and the frequency shift approach to vibration hardening involves an additional 1 percent 
weight increase. Since these effects a r e  so modest, curves have not been included. 

Although the parametric approach has been described in terms of a primary battery, 
exactly the same considerations apply in the secondary application. However, when the 
battery must operate under a charge/discharge regime, an additional considerations , 
the depth of discharge is faced. 

The depth of discharge parameter is defined by either of two constraints: the 
maximum recharge rate o r  the ravages of repeated cycling, i. e., fatigue or  puncture. 
This is to say that the ability to get the charge back in time, o r  the total number of 
charge/discharge cycles the battery can stand, must be met. 
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Figure 4.3.2-13. Influence of Demand Factor on Silver-Zinc Battery Volumes 
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For any battery type there is a maximum rate at which charge will  be accepted, 
expressed as amperes per ampere hour of capacity. The reciprocal of this parameter 
is the minimum possible time required to fully charge a depleted battery, in hours. 
A larger battery must be used so that the charge will  be accepted if the time available 
for recharge is less than this minimum time, a step which results in a depth of dis- 
charge less than 100 percent. This criteria is used unless the cycle life constraint 
is more restrictive. 

Even if the charge is returned slowly, i. e., within the acceptable charge rate 
after an extended number of cycles, the separator may fail due to growth o r  separator 
puncture. The number of cycles which may be achieved prior to failure is found 
empirically to be related logarithmicaly to the depth of discharge, Thus, an increase 
in cycle life requires reduced depths of discharge. This requirement must be com- 
pared to the noted charge return rate limitation and is the most constraining of the 
two used in design. The cycle life data, given in fig. 4.3.2-15, are provided to 
give a more thorough understanding of these parametric relationships and to provide 
the reader with a full set of data for design synthesis. The GE 605/Datanet 30 digital 
computer has been used to carry out the above computations. 

The previous parametric curves, fig. 4.3.2-1 through -12, have shown the weight 
and volume versus power level and mission duration for nominal and extreme environ- 
mental conditions to be encountered in M a r s  Hard Landers, Both silver-zinc and 
silver-cadmium couples are included. The influences of temperature and activated 
wet stand are illustrated in figs. 4.3.2-16 through -21. For similar information on 
secondary applications see  figs. 4.3.2-22 through 4.3.2-27. 
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Figure 4.3.2-15. Depth of Discharge/Cycle Parametrics for Sterilized 
Silver- Zinc Battery 
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4 . 3 . 2 . 2 . 2  Solar Cel l  Parametric Data 

A. Solar Cell  Output Data 

The solar array may consist of one or  more panels as deployed from the Lander. 
Where multiple panels are deployed from a random o r  uncontrolled landing orientation, 
the panels may be unfolded in a downward slant from the vehicle roll axis to enhance 
the possibility that a reasonable portion of the panels are out of the shade. In this 
approach, various numbers of panels and various slant angles are studied. With a 
single panel o r  a group of coplanar panels, considerations include landing level, 
landing on a slope, o r  possibility tilting the panel, once, following unfurling. This 
single tilting action may be used to level the panel o r  to face the noon sun. The solar 
array output under these various conditions is developed in the following curves. Of 
course, continuous sun orientation would provide the greatest power output per square 
foot of array. Considering the unknown effects of dust and other Martian environments 
on orienting mechanisms, the continuously oriented approach was eliminated from 
parametric study. A few reference points have been included to show continuous 
orientation where this is considered helpful to the user in judging the upper limit. 

Figure 4.3.2-28 depicts the electrical output from a single panel o r  subpanel 
throughout a typical day. The particular conditions are noted on the curve. For 
maximum effectiveness it may be assumed that a buck-boost charge regulator is 
used to permit full utilization of this power o r  a small allowance made for solar 
array-battery voltage mismatch. The daily variation of power output for three 8- 
sided configurations is shown in fig. 4.3.2-29 for a level equatiorial landing at the 
equinox. The lack of symmetry in power output is caused by the lag in surface 
temperature through the day. Thus, the area under these curves represents the 
total energy in watt-hours/unit area received during each illuminated interval or  
day. To simplify the calculation of battery size and panel requirements, this may 
be expressed as an equivalent average power, in watts during the illuminated period. 
In this way the output may be represented by a single number, and the effects on out- 
put may be studied as a function of landed latitude, panel orientation and landing date. 

To perform these calculations the following factors were considered: 

1. The effects of landed latitude, landed pitch, and Sun elevation at the 
operating date, 

2. Temperature analysis of the panel based on the daily variation of Mars 
surface temperatures. 

3. The temperature dependency of the solar cell V-I curve. 

4. Operation at the maximum power point. 

I11 

For all configurations, the solar panel temperatures were  calculated based on 
the NASA/LRC May '68 Specification for daily surface temperature variation and on 
the a ssumption that the panel was in a vacuum. This latter assumption was  based on 
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the fact that  including convective cooling from M a r s  surface winds resulted in a 
temperature drop of only about 0.5'F. 

The effect of angle of solar incidence on panel temperature was calculated at 
several angles, and it was found that the difference between panel temperature and 
ground temperature could be adequately represented by this relation: 

A T  (e) = A T  (Normal) X (Cos 

The V-I characteristics of the array were based on 11 percent efficient (A. M. 0. 
28OC) Heliotek, 8-mil, 2 ohm-cm N/P  cells, utilizing a previously developed computer 
program for V-I curve prediction. 

The calculations were made by an incremental summation method using one step 
each Martian hour. This has been shown to be within 0.2 percent of a more precisely 
calculated value. All the above calculations were performed using Computer Programs 
on the GE 605/Datanet 30 system. 

Results of these calculations a re  shown parametrically in fig. 4.3.2-30 through 
4.3.2-36. The fixed position multipanel cases are shown first, followed by the single 
panel with and without tilt. 

- 
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Figure 4.3.2-29, Typical Daily Power Variation 
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Figure 4.3.2-34. Integrated Panel Power Density from Fixed Tent 
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Figure 4.3.2-36. Integrated Panel Power Density from Horizontal Solar Array 
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B. Definition of Terms 

Pitch - East (+) o r  West (-) component of the slope on which the Lander rests. 

Roll - North (+) o r  South (-) component of slope. 

Landed Latitude - Local Martian latitude. 

The angles indicated in the figures are the angle at which the panels are inclined 
downward from the horizontal, as viewed from the center of the Lander, for a simu- 
lated tent-shaped array. 

To assist in interpreting the curves, an example is given: 

Landing latitude: (+) 20°N 

Maximum slope: 34 degrees 

Therefore, the minimum and maximum values of combined landed latitude and roll 
a re  -14 degrees and +54 degrees, respectively. Therefore, for a 4-sided array 
with 60Oangle panels, the apparent minimum daily average power is 1.20 w/ft2, at 
-14O, not including the effects of shading by the hillside (see fig. 4.3.1-48). 

In approximating the effect of shading, it is not necessarily accurate to reduce 
the "daytime" by the proportion of the hill slope angle. For the several cases ex- 
amined in detail, the instantaneous power level during those periods lost by shading 
was less than the 12 hour average; hence, the loss will be less than proportionate. 

In each set  of curves, the lines will appear in groups of three. In every case 
the upper line will be for Pitch = 0 degrees. The lowest line will be for points follow- 
ing the negative pitch outline, with maximum negative pitch being -34 degrees, as 
shown. The power will be less for negative (westward) pitch than for positive (east- 
ward) pitch because of the effects of array geometry and the lag in surface temperature. 

For a point of comparison, an oriented array will produce an average 3.8 w/ft 2 

during a 12 hour (Mars)  day. 

C. Panel Weights 

The solar array weight consists of three parts; the panel structure with hinges, 
the cells with covers, and the tilting mechanism, if used. 

I11 

The major parameter influencing panel weight is the shock level. Using the honey- 
comb sandwich approach, increased hardening to withstand shock is obtained by increas- 
ing the core density. Thus, the thickness o r  volume is unaffected. The anticipated 
structure weight as a function of shock level is illustrated in fig. 4.3.2-37. Although 
this shows the weight trend, it is recognized that actual development tests may show 
a base weight up to 2 times that shown. 
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The weight of the solar cells, adhesive, and cover must be added to the structure 
weight. For this parametric study the values noted in table 4.3.2-1 were used. 

TABLE 4.3.2-1. SOLAR CELL WEIGHT BREAKDOWN 

5-mil Lexan cell cover sheet 0.029 
Coversheet adhesive 0.025 
Cells @-mil) 0.132 
Cell  interconnection strips and solder 0,024 
C ell-to -substrat e adhesive, 10 mils 0.060 
Terminals, diodes, wire ,  etc. 0.017 

TOTAL 0.287 lb/ft2 

If the design includes a leveling, tilting, or orienting approach the weight of the 
drive mechanism is included. Representative weights used for this purpose a re  noted 
in table 4.3.2-2. 

TABLE 4.3.2-2. ORIENTATION EQUIPMENT WEIGHTS 

Sun Sensors 

Signal Amplifier 

Power Amplifier 

Drive mechanism 

0.2 lbs each panel 

0.4 lbs, one only 

0.5 lbs, one only 

4.0 lbs, one per axis per panel I 
4.3.2.2.3 Degradation and Loss Factors 

The power outputs, indicated in figs. 4.3.2-28 through -36, represent ideal 
outputs without any attenuation o r  degradation. To obtain the actual output the factors 
listed in table 4.3.2-3 are included. 

TABLE 4.3.2-3. DEGRADATION AND LOSS FACTORS 

Orient at ion factor 0.923 
Filter transmission 0.939 

Cloud attenuation (blue haze) 0.90 
Atmospheric attenuation 0.993 

Erosion factor 
Accumulated dust attenuation 

0.8 
1.0 

Instrumentation, measurement 
and alignment 0.956 
Soldering degradation 0.98 

Proton damage factor 0.939 

Meteorite damage 1.0 
Spectral factor 1 .0  
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A l l  these power output values must be further reduced by the packing factor. 
Approximate packing factors realizable a re  listed in table 4.3.2-4. 

TABLE 4.3.2-4. PACKING FACTOR VALUES 

Rectangular panel 

Trapezoidal panel 

0.85 - 0.90  

0.75 - 0.85 

The packing factor is defined as the ratio of the active solar cell area (based on 
1. g 0 2  for a 1 cm x 2 cm cell) to the gross panel area. 

4.3.2.2.4 Fuel Cell Parametric Data 

The parametric curves of figs 4.3.2-38 through -43 include shock and sterilization 
factors together with those tabulated on the curves. Fuel cell stacks, reactant storage, 
product water storage, radiators, batteries, electrical and pneumatic regulators have 
been included. 

60,000 

MAXIMUM TEMP = 7OoF 
MINIMUM TEMP = 50°F 
SHOCK = 2000g 
VIBRATION = 5g 
POTENTIAL = 28V 
DEMAND FACTOR = 20 
WET STAND = 60 DAYS 
3 DAY MISSION BATTERY 

VOLUME = 724 CU INS. 

ui z 
Y 

E 
ŵ  6,000 
2 
5 
4 
0 > 

Fuel Cell Stack, P r e s s u r e  
Regulator, Storage Battery, 
Charge Regulator, Fuel- 
Hydrogen & Oxygen, Hydrogen 
Tank, Oxygen Tank, Water Tank 

600 
1 1 0  100 

AVERAGE SYSTEM POWER, WATTS 

Figure 4.3.2-38. Sterilized Solid Electrolyte H2/02 Fuel Cell Volume 
Parameters with Three Day Battery (Nominal Case) 
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2000 

MAXIMUMTEMP = 70°F 
MINIMUM TEMP = 50*F 

VIBRATION 
POTENTIAL 
DEMAND FACTOR= 20 
WET STAND = 60DAY 
3 DAY MISSION BATTERY 

m WEIGHT = 56 LBS 
p7 
I4 
n 

Q 200 
u 
w" 
3 

INCLUDES : 

FUEL CELL STACK, PRESSURE 
REGULATOR9 STORAGE BATTERY 
CHARGE REGULATOR, FUEL- 
HYDROGEN&OXYGEN, HYDROGEN 
TANK, OXYGEN TANK, WATER TANK 

I I I I  I I I I I l l  I I l l ~ l  
100 

20 
1 10 

AVERAGE SYSTEM POWER, WATTS 

Figure 4.3.2-39. Sterilized Solid Electrolyte H /02 Fuel Cell Weight 
Parameters with Three Day Battery ( 3 ominal Case) 
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MAXIMUM T E M P  = 80°F 
MINIMMUM. TEMP = 50QF 
SHOCK = 2000g 
VIBRATION = 5g 
POTENTIAL = 28V 
DEMAND FACTOR = 20 
WET STAND = 60 DAYS 

Fuel Cell  Stack, Pressure 

AVERAGE SYSTEM POWER, WATTS 

Figure 4.3.2-41. Sterilized Solid Electrolyte Hz/02 Fuel Cell Weight 
Parameters without Three Day Battery (Nominal Case) 
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4 . 3 . 2 . 2 . 5  Regulators and Inverters Parametric Data 

The regulator and inverter are impedance limited in small ratings and thermally 
limited in large sizes. High temperatures reduce the effectiveness of heat sinks re- 
quiring larger, heavier designs. At the very low temperatures increased semicon- 
ductor drive is required. To withstand the shock environment i t  is necessary to add 
potting materials in critical areas until, at the higher shock levels, the entire compo- 
nent is potted. This results in increasing weights to meet increased shock levels while 
the volume is constant. 

These considerations form the basis for fig, 4.3.2-44 which shows isolating 
inverter weights and volumes. 
inve rte rs . Fig. 4.3.2-45 provides similar data for non-isolating 

4 . 3 . 2 . 2 . 6  Harness Parametric Data 

Total vehicle harness weight w a s  obtained by analyzing accumulated data from 
several previous harness configurations. The number of components, the number of 
connectors, the weight of the in-flight disconnect(s), and the length and base diameter 
were manipulated with analgebraic relationship and then summed to give the total 
harness weight. A l l  of the analytical relationships were put into a computer program 
(ref. PIR 8253-8132). It is important to note that each parameter for the program 
is identifiable at the proposal stage. 

A graph was plotted, see fig. 4.3.2-46,  which shows the total harness weight for 
constant diameter vehicles as a function of the number of components contained 
within the volume. 

For example, assume the following: 

1. base diameter 34 inches 

2. two connectors per component 

3. total number of components 

NOTE: The total vehicle harness weight is fifteen pounds. The 
height-to-width ratio is constant. 

4 . 3 . 2 . 2 . 7  Inflight Disconnect Data 

Electro-electro mechanical disconnect connectors have been incorporated. These 
connectors provide low impulse separation and have special roll off features to mini- 
mize entry e r ro r s  caused by tip off o r  disconnect shock. 

The design and parametric data of figs, 4.3.2-47 and -48 includes high tempera- 
ture connector sealing techniques and the receptacles hardened for landing shocks. 
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LEGEND- 

100°F 
70" F 
50" F 

---- 
_.--- 

TYPE - ISOLATING 
VOLTAGE INPUT - 28VDC NSM 
RANGE - 9.5 VOLTS (TOTAL) 
INVERTER FREQUENCY - 20 KC 
REGULATOR SECTIONS - NONE 
SYNCHRONIZING SECTIONS - NONE 

2 20 200 
RATING, VOLT AMPERES 

Figure 4.3.2-44. Electrical Power Inverter Parametric Curves 

CONDITIONS: 

TYPE: AUTO XFRMR 
FREQ. 20KC 
TmW: 80°F 

Tmin" -50' F / 
Shock: 1000 gls 
VISRN: 10 g's 
Vmax: 4 2 v d c  
Vmin: 24 v dc 
Vnom: 2 8 v d c  
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RATING, VOLT AMPERES 

Figure 4.3.2-45. Inverter Weight Curve (Non-Isolating) 

I11 4-165 



42 

40 

38 

36 

34 

~JI 32 
Fg 
I4 

30 8 
w" 
9 28 

w 
4 x 

m rn 
26 

24 

22 

20 

18 

16 

14  

1 2  

10 

E 
/ 

I I I I I I I I 
0 40 50 60 70 80 90 100 110 120 

NO. O F  COMPONENTS 

Figure 4.3.2-46. Harness Weight Parameters as a Function of Components 
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Figure 4.3.2-47. Inflight Disconnect Weight as a Function of Size 20Contact Quantity 
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Figure 4.3.248. Inflight Disconnect Weight as a Function of Size 16 Contact Quantity 
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4.3.2.3 SYNTHESIS TECHNIQUES (Data Usage) 

Examples wil l  be used to introduce the interaction of the various components, 
mission requirements, the subsynthesis parametrics and the use of all the parametric 
curves . 
4.3.2.3.1 Primary Battery Power Subsystem 

In order to calculate battery weights and volumes outside the range of the parame- 
tric curves the following method may be adopted: 

For batteries with no recharge facilities on the landed vehicle - 

1. 

2. 

3. 

4. 

5. 

Select the nominal parametric curve, fig. 4.3.2-3 
Record the weight for the mission duration and power level, = W1 

Select weight/TMAX curve, fig. 4.3.2-17 
W1 will change by (W (TMAX)/W (80))-1 

Select weight/TMIN curve fig. 4.3.2-19 
W1 wil l  change by (W (TMIN)/W (50))-1 

Select weight/activated wet stand curve fig. 4,3.2-21 
W1 wil l  change by (W (AWS)/W (60))-1 

Select weight/Demand Factor curve fig. 4.3.2-14 
W1 wil l  change by (W (DF)/W (20))-1 

The new weight would be 

W1 x (1 $. C of the changes). 

The new volume would be calculated in a similar manner. 

For batteries having recharge facilities - 

1. Select the nominal parametric curve, fig. 4.3.2-3. 
Record weight for average power at the one cycle discharge duration. 

2. 

3. 

Perform sections 2 through 5 inclusive of previous para. 

Calculate the depth of discharge considering both recharge rate and cycle 
life. If the charge period is less than 1/a, use fig. 4.3.2-49. 

w1 = 555 lb 

T Max Factor = (182/183)-1 = -0,004 
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T Min Factor = (87/87)-1 =-0 

Demand Factor = (69/87)-1 =-0.207 

Wet Stand Life = (185/195)-1 =-0.066 

Weight = 555 (1-0.27) = 402 lbs 

The new weight would be: 

- W2 x (1 + C of changes) x 100 
wN - Depth of discharge 

Example - Curve optimal case conditions used for check fig. 4.3 .2-6  

Power = 100 watts 

Minimum duration = 10 days 

T Max = 70° F 

T Min = 50' F 

Shock = 1000 g 

Vibration = o g  

Potential = 28 volts 

Demand factor = 4  

Wet Stand life = 0 days 

4 . 3 . 2 . 3 . 2  Solar Cell Power Subsystem 

The solar power subsystem contains a solar energy conversion panel, a storage 
battery for the night operation, a battery charge regulator and, i f  selected, tilting o r  
orienting equipment. 

A s  an example consider: 

Landing Date ................ Apri l  30, 1975 
Landed Latitude ............. 10' North 
Mission duration ............. 90 days 

I11 

Establish the scientific measurement program and use figs. 4 .3 .1 -1  and -2 to 
determine the system power demand in the extended mission. 
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For example: 

Payload .......................... Minimum science 
Operation ........................ Once per hour, 25 per day 
Interrogation period .............. 30 seconds each 
Transmission time ................ 2500 seconds per  day 

In this case from fig. 4.3.1-2 read: 

= 10.3 watts and D. F. = 27.2 ave 

Determine the illumination parameters using figs. 3.6-1 and 3.6-4 from Section 
3.6 of Volume II. For an Apr i l  30, 1968 landing note; 

Illuminated period = 10.6 hours 

Solar distance = 1.645 A.U.  

Sun declination = 14.5' 

In order to use these parameters it is necessary to examine the changes through- 
out the planned mission duration. In this case the Sun-Mars distance increases during 
the period April 30 to July 3, 1974 and then decreases for the balance of the 90 day 
mission. During the mission, the Sun declination increases from +14.5 degrees to 
+23.5 degrees with accompanying periods of illumination from 10  to 10.6 hours. If a 
non-tilted array is planned, the landed roll and pitch angles must be considered to 
conjunction with the Sun declination. Thus the worst case may occur on the first day, 
on the day when the tilt opposes the maximum Sun declination; on July 3, 1974, when 
the Mars-Sun distance is greatest, o r  on the last day of the mission when accumulated 
degradation is highest. For this example the worst case occurs on July 3, 1974; 
hence use 

Illuminated period = 10.6 hours 

Solar distance = 1.665 AU 

Sun declination = 21.70 

The next step is to compute the power required from the panel during illumination. 
This involves three factors: first, the panel must power the load and replace previously 
used battery charge during the illuminated period, second more ampere-hours must be 
returned to the battery than used due to charge inefficiency, and third, the charging 
must be done at a potential above the battery counter emf while in normal usage the 
available potential is below the battery emf due to the polarization. 
provides this information. 

Eigure 4.3.2-49 
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Figure 4.3.2-49. Solar Power Subsystem Rating Parametrics 
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= ( 1 + 8  T )  %/ti 
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To use this curve, compute the ratio of darkness to illumination as 

14.02 - = 1.32 tD - 24.62-10.6 - 

t i  
- -  - 

10.6 10 .6  

and find: 

= 2.46. Is - 
IL 

For a 28 v system. 

10.3 
28 - 0.368 ampere 

PAVE - - =  __I_- - 
vT 

IL 

Hence the solar panel average output current needed during illumination is:  

Is = 2.46 x 0.368 = 0.905 ampere 
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This current must be delivered at a voltage given by: 

v = -  EMF' x V + IR -I- ED 
P EMFN T 

where ED represents the diode and regulator forward drops. Thus, using the 
polarization table given in fig. 4.3.2-49: 

v =  2*05 x 28t-1.0 + 1.8 = 42.4vdc 
p 1 . 4 5  

From these values the panel output requirement is obtained as 

P = VsIs = 42.4 x 0.905 = 38.2 watts 

Next, the panel area may be determined. For the case at  hand, using fig. 
4.3.2-36, or  if a single horizontal panel is considered, the power output wi l l  be 
3.47 watts/ft sq (ideal). 

The losses and degradations given in table 4.3.2-3 may be applied directly o r  as  
rms combined independent groups. By direct multiplication, 

= 3.47x0.923x0.939x0.90x0.993x0.8x0.956x0.98x0.939 

= 1. 89 watts/sq ft. 

'end 

NOTE 

The loss factor may be adjusted for other application conditions 
as follows: 

The orientation factor (OF) varies as the cosine of the 
orientation accuracy : 

OF = Cos Q 

The filter transmission (TM) varies exponentially with thickness and UV 
exposure. The atmospheric attenuation depends on the pressure or  
density, e. g., 

1 
SL x P 

TM = 

10 

where SL = 1.58 x 
bars. 

The loss of output caused by light diffusion which is produced by 
cover glass erosion will be of the form: 

per millibar and P is the pressure in milli- 

-MD 
E F = l . O U E F ( l - e  - ETC ) 

Where MD is the mission duration and ETC is the erosion time 
c o m  tant . 
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Where ultimate erosion factors, (UEF), between 0.05 and 0.20 have been observed 
and where the erosion period to 63 percent ofultimate, (ETC), depends on particle 
mass and velocity. 

Since the biobarrier/canister protects Lander solar cells during interplanetary 
cruise and since the meteorites which penetrate the Martian atmosphere may be 
neglected in comparison to dust erosion, this factor is not used in the Lander 
analysis. 

Spectral factors a re  obtained by the convolution of the frequency content of the 
filtered light at the point of operation with the particular solar cell response function. 
Considering the low density atmosphere of Mars, it is assumed that the spectral 
content of sunlight at Mars is identical to A. M. 0. sunlight near Earth. Any selective 
filtering produced by the blue haze o r  clouds is included in the cloud attenuation 
factor. 

Returning to the numerical example, the active panel area (APA) 

A P  

Of course, portions of the panel involve inactive material so that 
area (TPA) is obtained using the packing factor (PF). In this case, 

23.8 ft2 APA 20.2 
PF 0.85 

TPA = - = -  = 

Now the panel dimensions for stowed condition may be computed. 

required is: 

the total panel 

It is recognized 
that for unfolded flexural rigidity and adequate beam strength the unfolded panel length 
to width ratio should be less than six. Physical layout limitations will define the maxi- 
mum panel width (MPW); thus, the number of panels (NP) required may be determined as: 

TPA 
6 X MPW N P  = 

In a non-hammerheaded design where the maximum panel width, MPW, is 
approximately 18 inches, (1.5 ft). 

= 2 .6  = 3 panels 23.8 
6 X 1 . 5  

N P  = 

With each panel being 0.5 inch thick, and with 20 percent of the stack height 
assigned to elevating mechanisms, the number of sub panels (NSP) is determined as: 

X 0.8 = 1.6FPH 
FPH 

NSP = - 
0.5 

I11 

where FPH is the vehicle "flat pack" height. 
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For a vehicle 16.5 inches high, 

NSP = 1.6 X16.5 = 26 subpanels 

The area of each panel (AP) is 

23.8 2 
= 7.93 f t  - -  TPA 

N P  3 
A P  = - -  

and the area of each subpanel (SPA) is 

0.305 ft2 7.93 - - =  A P  SPA - - 
NSP 26 

Sine each panel and hence each subpanel is 18 inches across, the width of the 
subpanel (WSP) is: 

0*305 = 0.203 ft = 2.45 inches SPA - - 
MPW 1.5 

WSP = 

Allowing 1/4-inch clearance on all sides, the stowed solar array will consists of three 
packages, each having the dimensions 16.5 X 18.5 X 3.45 inches. 

Next ,  the panel weight is determined, For an example at 1000 g's, fig. 
4.3,2-37 and table 4.3,2-1 provide: 

Structure 0.700 lb/ft2 

Cells and attach 0.287 lb/ft2 

TOTAL 0.987 lbs/ft2 

Thus the panel weight (WP) is 

W P  = TPA X p 

= 23.8X0.87 = 23.5 lb 

Note: The actuating linkage and drive mechanism weights must be added to the 
panel weight to  obtain the total solar array weight. 

To establish the battery rating refer once again to fig. 4.3.2-23. The battery 
rating is determined by the charge removed during the darkness period and either of 
two depth of discharge criteria. One such criteria is the discharge limit set by the 
maximum rate at which the battery will accept charge; the other is cycle life limita- 
tions of the battery separators, this life limitation being logarithmically related to 
the depth of discharge. 

From fig. 4.3.2-49 at a darkness-illumination ratio of 1.32, it is found that 
C/IL = 14.6. 
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On the other hand, from fig. 4.3.2-15 it is seen that at 90 cycles plus, say, 
another 10 cycles for checkout and interplanetary cycling, a total of 100 cycles, the 
depth of discharge is 34 percent. Then, 

X 10.6 or C/IL = - 10.6 
0.34 

0 .34C = IL 31.2 

Thus using the limiting case the battery rating is 

C = 31.2 IL = 31.2 X0.368 = 11.5 ampere-hours 

and 

E = VT X C = 28 X 11.5 = 323 watt-hour. 

From fig. 4.3.2-1, or more directly fig. 4.3.2-23 and -24, using a 14.1 hour dis- 
charge, it is seen that the battery has: 

Weight = 19.5 lbs 

Volume = 320 cuin.  

Of course, in many cases an operational battery is defined by the power needs for 
entry and the first few days of operation with imagery. If such requirements provide 
R. larger battery than is required for the extended mission as calculated above, the 
larger battery should be used for the extended mission as well because the resultant 
reduction in depth of discharge will permit operating in the high output efficiency 
rn onovalent region, will enhance battery charge efficiency and will increase the applied 
cycle life. 

A further step i s  to define the charge regulator which controls the flow of power 
from the solar array to the battery and operating electrical/electronic system loads., 
The regulator must handle both the panel open circuit voltage - during trickle 
charging, and the panel short circuit current - when addressing a discharged battery. 

Sitice i? solar cell that initially delivers in the order of 10 mw/cm2 has an open 
circuit voltage of 0.701 volt and a short circuit current of 0.066 ampere the regulator 
rating niav be estimated by 

I I1 
u 

= 23.8 X4.6 = 110 volt amperes. 
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From the curve for non-isolating inverters which could be used for buck-boost 
operation, fig. 4.3.2-45. 

Weight = 1,43 lbs 

Volume = 53 cu in. 

Finally, the orientation equipment is considered. The above panel calculations 
are predicated on a horizontally deployed array. If it may be  assumed that the 
vehicle landed within 15' of level, no further equipment is needed. Otherwise 
provision must be made for a single tilting action to bring the panel to a level 
position. 

Using table 4.3.2-2 for three panels, 

Level sensors 

Amplifier (signal) 

Power amplifier 

Drive mechanisms 

The total subsystem weight is 

Panel 

Battery 

Regulator 

Orient at ion equipment 

0.6 

0.4 

0.5 

24.0 
25.5 pounds 

23.5 

19.5 

1.43 

25.5 
69.9 pounds 

4.3.2.3.3 Radioisotope Thermoelectric Generator (RTG) Power Subsystem 
Parametric s 

The RTG power subsystem contains a thermoelectric heat energy to electrical 
energy converter unit, the RTG; a power inverter, a voltage regulator, and a storage 
battery. 

As an example, consider the following extended mission: 

Payload: minimum scientific payload 

Operation: Once per hour, 25 per day 

Interrogation Period: 30 seconds each 

NOTE 

A single panel configuration would produce a 53.5 lb total. 
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These calculations have been performed for different parameter values and the 
reader may obtain the results for many of the practical cases from the resulting sub- 
system curves given in figs. 4.3.2-50 through 54. These calculations were performed 
via programs on the GE 605/Datanet 30 digital computer. 

In this case from fig. 4.3.1-1 read: 

Pave - 20.3 watts and D. F. - 27.2 

First determine the converterhadiator package size and weight. This depends 
on the fuel age (Pu23* has an 89 year half-life), the environmental temperature, the 
heat rejection fin view angle, and the nuclear radiation shielding, if any. Parametric 
data may be presented in terms of converter output or  net output to the user. These 
differ by the amount of inverter loss, regulation loss, and battery charging losses. 

Next, the inverter is sized. RTG units usually achieve about 5 percent efficiency 
in the heat to electric energy conversion. Hence, it is necessary to extract and make 
available as much electrical power as possible. This is achieved by impedance matching 
per the maximum power transfer theorem. For this reason an isolation inverter with 
an impedance matching transformer is used. The output voltage from the RTG depends 
on the limited number of thermoelectric elements for which there is installation space. 

Thus the output voltage is proportional to the RTG rating. The impedance matching 
transformer also steps the voltage to the desired level, e. g. , 28v. 

Figure 4.3.2-44 is used to find the inverter weight and volume: 

Weight - 1.01 lbs 

Volume - 33.5 cu in. 

The voltage regulation may be considered next. The impedance matching 
described in the previous step will produce a 2 to 1 voltage change a s  the electrical 
demand goes from no load to full load. To meet this requirement, regulation is 
introduced, usually in connection with the inverter - either on the ac side or  as  a 
post rectification section. Although this is usually packaged with the inverter, a 
reasonable estimate of the parametric variations may be obtained by using fig. 
4.3.2-45. 

I11 

In this example: 

Weight - 0.6 lb 

Volume - 20 cu in. 
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Finally, the storage battery rating is established. The RTG produces power from 
the conversion of isotope decay heat into electricity. Since the isotope heat is con- 
tinually released, based on an 89 year half-life, the RTG is always capable of deliver- 
ing maximum rated power and any power that is not used represents energy lost. 
Hence, to permit rating the RTG at the average power level rather than at the peak 
demand, a storage battery is used. This battery must provide the amount the instan- 
taneous demand exceeds the average value. 

Although the general approach to battery specification for an RTG power subsystem 
is identical to the solar cell case it should be noted that, unlike the solar cell case 
with the RTG, the battery performs its operation over rather short time intervals 
with the balance of the day available for recharge. In power profiles of the type 
summarized in figs. 4.3.1-1 and -2 about 67 percent of the energy is delivered when 
the power demand exceeds average. Thus the following applies: 

Pave system = 10.3; D F  (syst) = 27.2 and the associated battery parameters 
a re  given by, 

1 - TD/TC) 
TD/TC Pave (Bat) = FB Pave (syst) ( 

and 

F (syst) -1) TD/TD 
FB (1 + TD/TC) D.F (Bat) = @ 

where FB is the faction of energy delivered by the battery, TD is the battery dis- 
charging period and TC is the battery charing period. 

For TD/TC = 0.0422; e. g., 0.8 hour transmission plus 0.2 hour data collection 
and therefore for a one hour discharge period and a 23.62 hour charge period, with 
FB = 0.67; 

P (Bat) = 0.67 X10.3 (1.0422) = 171 watts ave 

= 1.58 27.2-1) (0.0422) 
0.67 (1.0422) 

D F  = ( 

Using figs. 4.3.2-26 and -27, for 90 cycles of operation the battery required has, 

Weight = 26.0 lb 

Volume = 410 cu in. 

The results of similar calculations a re  illustrated in figs. 4.3.2-55 and -56. 
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4.3.3 TRADE-OFF STUDIES 

4.3.3.1 Solar Power Trade-offs 

Figure 4.3.3-1, Solar Cell  Power Subsystem Comparison Curve, provides trade- 
off data on the method of orientation for a solar array landed on January 10, 1974 at 
various landing latitudes. Factors which had major effects on the weight of the power 
system were 1) the time of illumination of the panel; 2) the angle of the Sun with respect 
to the panel, which was a function of latitude and orientation method: 3) variation of 
1Mars-Sun distance; 4) the lack of orienting mechanism in the case of a non oriented 
array. 

The curves of fig. 4.3.3-1 can beused to determine the optimum orientation 
method, from a weight standpoint, for any given latitude. For example, at 10' 
(or any latitude) the continuously Sun-oriented array produces the lightest system. 
However, the second-lightest system, the non-oriented array,  would be the best 
overall choice if reliability were considered. At greater landing latitudes > the problem 
is more difficult, since the weight differences between the various tilted arrays 
become significant and the weight of the non-tilted is greatest. At high latitudes, 
the once Sun-tilted array will be the best overall choice, although the continuously 
Sun-oriented array is lightest. Thus, for lo', the landing latitude of greatest 
interest, the non oriented array is the best design. The non-oriented array weight 
was developed on the assumption that chances of landing in a valley or  on a steep 
slope were quite remote. In all cases, 15' of masking of the Sun morning and 
evening was assumed, and a landed slope of 15' away from the Sun was determined 
the worst tilt likely to be encountered. 

In a similar manner, trade-offs may be performed evaluating the benefits of 
different landing dates. These parametric results are summarized in figs. 4.3.3-2 
through -5 for landing sites at 25'N and 10°N latitude. These curves are  based on 
solar panels having a leveled attitude within 15' of horizontal; a condition which may 
be achieved either by landing on relatively level terrain, figs. 4. 3. 3-2 and -3, or 
through the use of orienting mechanisms to level the array following unfolding, as 
shown by figs. 4.3.3-4 and -5. Other conditions selected for this trade-off study 
are noted in the figures, 

The results show that in 1974 for the higher latitude, e. g, 25'N, the later 
landing dates, such as June through August will minimize solar power subsystem 
weight and size. On the other hand, for a 10°N latitude site in a 1974 encounter, 
the landing date has very little influence on weight, the earlier date having a slight 
advantage. In comparing 25'N latitude and lO'N latitude sites, it is seen that the 
10' N site requires less solar power equipment weight for landing prior to March 
15th while the 25'N latitude design is together thereafter when using non-oriented 
arrays which are nearly horizontal. 
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4.3.3.2 Parametrics for Power Source Selection 

The power source loci curves of weight and volume provide a means for rapidly 
selecting a power source type giving the lightest weight or  smallest volume for a 
given mission duration. 

The curves separating the power source regions have been determined by 
superimposing the power source parametric curves from Section 4.3.2. The crossover 
point where two sources have the same weight or volume is found. 

The constant weight or volume lines are also found from the superimposed para- 
metric curves. It is clear that for a given weight in the battery range, the minimum 
duration will get shorter if average power is increased. When the boundary line is 
crossed into the fuel cell region, the slope changes and is a function of hydrogen and 
oxygen usage. If the boundary line into the solar array is crossed, the constant 
weight lines become almost horizontal with increasing minimum duration. A decrease 
in power with increasing mission duration is a function of solar cell decay and in- 
creasing battery size to provide more cycles. The RTG range is similar to the solar 
array range. 

Figs 4.3.3-6 and -7 are weight and volume loci for batteries, solar arrays, fuel 
cells and RTG's with a three day mission duration battery instead of a topping battery. 
The high power density of the RTG completely obliterates the fuel cell and solar array. 
Since economic considerations may limit RTG usage to extremely long missions. 
Figs. 4.3.3-8 and -9 show the same curve without the RTG. In these it can be seen 
that a fuel cell is competitive on a weight basis only. The fuel storage volume is the 
major reason why the fuel cell does not show in the volume loci. Further, the fuel 
cell's competitive region is above 55 watts for mission durations near seven days, 

Figs. 4.3.3-10 and -11 are the loci curves that include the three-day mission 
battery as a topping battery instead of a minimum battery sized for the extended 
mission. The RTG has not been considered for the same reason as explained 
earlier. Very little volume advantage is gained by the solar array, but both the 
fuel cell and battery operating areas expand when the three day battery weight must 
be carried with the solar cells. 

Directing attention to the case where a three day battery is carried for early 
mission assurance and examining the battery/fuel cell/solar cell sources, fig, 
4.3.3-10 shows that Mars  Hard Lander weight savings will result from using 
batteries for missions having duration up to about 18 days and using solar cells 
for extended missions. 

Similarly, fig. 4.3.3-11 indicates Mars Hard Lander volume savings result 
from using batteries for missions with planned durations up to about 30 days and 
solar cells for more extended durations. 

It should be noted that higher shock levels would extend the battery region 
since the battery size and weight are least influenced by the high shock environment. 
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Figure 4.3.3-6. Weight loci Curve for Fuel Cells, Solar Arrays, RTG's, 
and Batteries with Three Day Batteries 

4-193 



100 

tn 
E 

2 
B 
F4^ 10 w 
B 
0 
PI 

1 

CONDITIONS 

MAXIMUMTEMP = 7 0 U F  
MINIMUMTEMP = 50°F  
SHOCK = 2000 g 
VIBRATION = 5 g  
POTENTIAL = 2 8 V  
DEMAND FACTOR= 20 
3 DAY BATTERY INCLUDED 
----\..------- 

BATTERIES 
MARS HARD LANDER REGION 

I I I I I  I I I I I l l  I 1 1 1  I h l  I I I I  
1 10 180 

MISSION DURATION, DAYS 

Figure 4.3.3-7, Volume loci Curve for Fuel Cells, Solar Arrays ,  RTG's  and 
Batteries with Three Day Battery 

4-194 I11 



!2 
0 u 

I I I  
I I I  
I 1 1  
I 1 1  

I '  
I 
I 
I 

rl 

SLLVM 'X3MOd 

I11 4-195 



0 
0 
4 

0 
rl 

SLLVM cX3MOd 

4-196 I11 



n 
rn 
R 
E z 

d 
rl 

I 
m 
m 

0 
d 

I11 4-197 



rl 
I 

m 

SLLVM ‘U3MOd 33VU3AV 

4-198 111 



4.4 ENVIRONMENTAL CONTROL 

4.4.1 REQUIREMENTS 

The selection and design of an internal thermal control system for the Mars Hard 
Lander is strongly influenced by the external environment in which the Lander must 
operate, length of operation time, payload temperature requirements, component heat 
dissipation, power source, and Lander shape. The major Lander operating time will 
be in an environment which is at a lower temperature than the desired component op- 
erational temperature. The maximum environmental heat flux for Mars  is approxi- 
mately 195 Btu/hr-ft2 compared to 440 Btu/hr-ft2 for Earth. This results in surface 
temperatures as low as 310'R. It is therefore evident that an internal control system 
is required which is capable of heating the payload components. 

' 

For short duration missions where a battery powered Lander will be used, thermal 
control is achieved with an insulated payload and local electrical heaters or radioiso- 
tope packets. For extended missions, the Lander design will employ either a solar 
cell or an RTG power supply. Thermal control methods associated with these types of 
power supply a re  similar to the battery powered Lander except for the weight penalties 
associated with cooling the RTG and providing a means of heating the payload with RTG 
waste thermal energy duritng cold periods. 

4.4.2 LANDER APPLICATION 

The amount of heat loss from the Lander is controlled by the thermal characteris- 
tics of the insulation material, thickness of insulation between the payload and the en- 
vironment, and the external surface radiative properties of the Lander. The type of 
materials selected must also have the capability to withstand high impact shock, vibra- 
tion and sterilization requirements without experiencing degradation, A foam type in- 
sulation (e, g. , Styrofoam or polyurethane) is the only insulation available that meets 
these specifications. It also has the characteristics of very low density and low thermal 
conductivity which a re  necessary in obtaining an optimum design. For minimum heat 
loss, a foam material with a density of 5 lb/ft3, a thermal conductivity of 0.025 Btu/ 
hr-Et2 - OR and a surface emissivity of 0.1 was chosen as a baseline for the parametric 
trade offs. 

An idealized thermal control system can only be achieved through a Lander config- 
uration that has minimum heat leak characteristics. Since the primary mode of heat 
transfer from the payload is by radiation, it is necessary to select a skin material with 
the lowest emissivity property attainable. A literature survey was undertaken to select 
some candidate materials which satisfy the radiative requirements. Results indicate a 
surface emissivity value of E = 0.1 is compatible with the current availability and can 
be achieved through a metal plating process. Some materials taken from Reference 
4-25 a re  listed a s  follows with their measured total normal emissivity. 
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Material Heat Treatment Temperature 
Emissivity 

in A i r  (" F) 

1. Silver plate on type 231 
corrosion resistant steel 
(0.0003 inch thickness of 
plating) 

2. Gold plate (0.0001 inch) on 
0.0005 inch nickel plate on 
type 321 corrosion resist- 
ant steel 

3. Nickel 
Electroplated on iron, 
then polished 

200 
303 hrs 400 
a t  494'F 600 

800 

1000 hrs 
at 6 9 9 F  

None 

200 
400 
6 00 
800 

200 
340 
480 
6 20 
750 

Room 
temp 

0.04 
0.04 
0.05 
0.06 

0.05 
0.05 
0.05 
0.07 

0.07 
0.06 
0.06 
0.07 
0.09 

0.045 
to 

0.11 

Silver, gold, and nickel are extremely stable in most atmospheres in that they re- 
sist the normal chemical reactions which cause emissivity changes. Dust contamina- 
tion will not effect the rate of heat loss from the surface since radiation will still con- 
tinue to be the mode of heat transfer in the reduced atmosphere. The primary mode of 
degradation for a metal surface such as the materials listed above is reduced to abra- 
sion which might occur in sand storms. A GE Space Science Laboratory report (R68SC7) 
by C. H. Mok shows that erosion of metals is negligible at the wind speed requirements 
of 67 m/sec. Even though this requirement exists at an altitude of 100 n. mi. above the 
planet surface and wind speeds will be significantly less at ground level, a 67 m/sec 
wind will not produce any erosion. 

4.4.3 TEMPERATURE CONTROL 

Most of the payload components and all of the electronic support equipment can be 
categorized a s  requiring mounting surfaces having temperatures between -40 and +135'F. 
The most temperature sensitive component in the Lander is the battery with the criteria 
being that their mounting surfaces and effective environment temperatures a re  to be 
maintained between 50' and 100'F. The problem of thermal control is reduced to a study 
of satisfying the lower temperature limit since the maximum equilibrium temperature of 
Mars  will not exceed the upper temperature specification of the payload, Parametric 
data was constructed for the range of allowable temperatures which included -40' to +50°F. 
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Thermal response of the payload was achieved by considering heat conduction 
through the payload and radiation heat transfer from the outside surface to space and 
the planet surface. Fig. 4.4.3-1 represents the diurnal Mars  surface temperature 
profile used in the analysis which is in accordance with the NASA/LRC Mars  engi- 
neering model parameters. A maximum solar heat flux input to the vehicle of 195 
Btu/hr-ft2 - R was assumed occurring at noontime and decreasing linearly until the 
payload is shadowed from the Sun. Due to the low atmospheric pressure on Mars and 
the low gas density, the heat transferred by natural convection is less than 5 percent 
of that transferred by radiation and was therefore neglected. 

0 

The basic Lander subsystem configuration will not be different for either a solar 
cell or a battery powered Lander. Therefore, the thermal control methods for a bat- 
tery powered subsystem are applicable for the solar cell system. For an RTG power 
supply, additional weight for thermal control must be provided through the use of a 
passive, liquid loop, or an expendable coolant system. Trade-offs were performed 
for a series of RTG sizes assuming an RTG allowable temperature of 450°F. 

4.4.4 SYSTEM SYNTHESIS 

4.4.4.1 Battery and Solar Cell  Thermal Control 

The thermal control parametric data was established by constructing a model 
thermally connecting the payload with its outside environment. Heat leak was then 
calculated as a function of insulation thickness, component allowable temperature, 
and surface area. The sensitivity of these parameters to heat leak is summarized 
in figs. 4.4.4-1, -2, and -3. In fig. 4.4.4-4, an insulation weight can be de- 
termined for various Lander surface areas and insulation thicknesses. 

The heat loss by conduction varies significantly as a function of the thermal re- 
sistance path between the components and the planet surface. The associated heat 
leak for different conductance values is shown in fig. 4.4.4-5 for the range of pay- 
load temperatures. 

At this point two separate design approaches were evaluated: a completely iso- 
lated payload where all components a r e  mounted on a common structure resulting in 
an isothermal temperature response for the entire payload (Type I); and an insulated 
payload with an isolated battery compartment which enables the battery temperature 
to be controlled through local electric heaters and lets the rest of the payload respond 
to the environment (Type 11). 

Results for Type I a r e  summarized in figs. 4.4.4-6 through -15. Figs. 4.4.4-6 
through -8 depict the approximate time when heater power is required to maintain 
the payload at a particular temperature for one diurnal cycle. These curves show the 
different requirements for 2, 4, and 6 inches of insulation between the payload and 
the environment. Based on these responses, fig. 4.4.4-9 was constructed showing 
the heater power requirements (watt-hr/day), as a function of allowable temperature 
for various insulation thicknesses. 
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Figs. 4.4.4-6 through -10 w e r e  based on a payload to surface conduction heat leak 
(from fig. 4.4.4-5) of 2.0 Btu/hr - R. Figs. 4.4.4-11 through -15 establish the 
power and insulation requirements for a Lander without conduction heat loss to the 
surface. 

0 

To protect the components against overheating during extensive operating periods, 
a heat fusion technique is proposed. There are materials available in the form of 
both waxes and salts which have proper melting points and sufficient state change 
energies for these applications. Typical weight requirements for transmitter power 
dissipations is presented in fig. 4.4.4-16. This curve is based on a wax heat of fusion 
value of 100 B t u h r  with a weight factor of two allowed for a case to contain the wax. 

Optimum thermal control weights a re  plotted in figs. 4-4.4-17 through -20. 
These curves cover the extreme minimum payload temperature allowables, various 
length missions and different heat leak possibilities. 

The parametric data for Type 11, which assumes thermal control of the battery 
only, is shown in figs. 4.4.4-21 through -24. Figs. 4.4.4-21 through -23 depict the 
steady state heat loss which must be replaced to maintain a particular component 
temperature. These curves a re  shown as a function of battery surface area for various 
insulation thicknesses. Fig, 4.1.4-24 demonstrates the necessary heat addition re- 
quired to increase the battery temperature to its operating level. This approach would 
be applicable if it is desirable to store the battery at a lower temperature than its 
operating value in order to conserve battery power allocated for thermal control during 
long non-operating periods. 

4.4.4.2 RTG Power Source Thermal Control 

Thermal control of an RTG power supply can be accomplished by several different 
methods : 

1. Passive control using radiator fins on the RTG, 

2. An active system using a liquid loop with a space radiator, 

3. An expendable coolant system which rejects heat by vaporizing a fluid. 

Each of these systems may find application in different phases of the mission. For 
example, an active system during interplanetary travel, an expendable coolant system 
during powered flight and entry into Mars  and a passive system for post impact thermal 
control . 

Weights associated with each of the three systems a re  shown parametrically in 
figs. 4.4.4-25, -26, and -27, and table 4.4.4-1. Fin weights for the passive temper- 
ature control system (figs. 4.4.4-25 and -26) are  for near optimum configurations, 
whereas the weights for the active systems (fig. 4.4.4-27 and table 4.4.4-1) a re  only 
typical. 
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Figure 4.4.4-27. Weight of Expendable Coolant System f o r  RTG 

4.4.4.2.1 Pass ive  System (Radiator Fins) 

The passive thermal control approach for the  RTG power supply would consist of 
radiator fins. The determination of the size and corresponding fin weights depend upon 
such variables as 

1. Number of f ins  (N) 

2. Diameter  of RTG (D) 

3. Height of RTG (H) 

4. Power dissipation (QRAD) 

5. Fin root  temperature (TR) 

6. Thickness (t) and length (L) of fins. 
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A sketch of the fin configuration is shown in fig. 4.4.4-25, It can be seen from the 
configuration that the number of fins (N) has an increasing effect, with RTG diameter, 
upon how much blockage there is between the RTG body and space. Blockage reduces 
the RTG's capability to radiate thermal energy. 

The near-optimum fin weight is shown as a function of electrical power in fig. 
4.4.4-25, Fin weights for a 40 watt (electrical) RTG module as a function of RTG 
height is shown in fig. 4.4.4-26. It was assumed that the RTG has an overall effi- 
ciency of 5 percent with an allowable fin root temperature of 450'F. To optimize fin 
weight several fin designs (i. e. , different combinations of t and L) were selected for 
each combination of N, D and H. The weight of the most optimum design was then se- 
lected for each particular combination of N, D and H. The fin weights presented in 
figs. 4.4.4-25 and -26 are not strongly influenced by the range of sink temperatures 
which the RTG will experience on a Mars  mission since it operates at a relatively high 
temperature compared to the sink temperature. 

4.4.4.2.2 Active System (Liquid Loop With a Space Radiator) 

The estimated weight breakdown for an active coolant system for various RTG 
power levels is shown in table 4.4.4-1. This system utilizes a liquid loop and space 
radiator a s  shown in the following diagram. 

SPACE RADIATOR 

- - _ _ _ . - -  

CVAPOMTIVE HEAT 
EXCHANGER (PART OF 
EXPENDABLE COOLANT 

Although the power levels shown are much higher than the expected range of elec- 
trical requirements, the values shown in table 4.4.4-1 a re  representative since all 
items become constant except for possibly the radiator area. 

4.4.4.2.3 Expendable Coolant System 

During powered flight when the space radiator of the active coolant system is cov- 
ered by the shroud and during entry into Mars after the radiator has been jettisoned 
with the biobarrier/cannister, an expendable coolant system would be utilized for 
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removing the dissipated heat from the RTG. Such a system is shown in the diagram be- 
low. Weights of this system are shown parametrically in fig. 4.4.4-27. 

r BLADDER FROM 
RTG 

TEMPERATURE 
CONTROLLED CONTROL 
FLOW VALVE VALVE 

An alternate design approach using a heat pipe as a means of heat rejection looks 
particularly attractive from a weight standpoint. Light, low temperature (5 100'F) 
heat pipes would draw the heat from the RTG cavity and pass it out to the sterilization 
canister surface. Such pipes would provide an excellent heat source for Lander thermal 
control during the flight. Heat pipes in this range weight on the order of 0.2 lb/ft length. 

4.4.5 SUBSYSTEM CAPABILITY 

The use of an insulated payload and local electrical heaters is a realistic design ap- 
proach in satisfying the thermal control requirements for the battery operated Mars 
Hard Lander. The most practical design configuration would be to mount the tempera- 
ture limited components on an isolated structure, 
erature response for the entire payload. The feasibility of using electrical heaters is 
impractical for missions longer than approximately four days since the batteries and/or 
increased power supply capabilities required to provide the electrical energy become 
prohibitive from a weight standpoint. But it may be possible to eliminate the battery as 
a means of heating the payload. Radioisotope packets distributed throughout the payload 
could be used to provide the necessary heat. However, some active or semi-active 
thermal control device (i. e. , heat pipe) would have to be introduced in order to prevent 
isotope dissipation from aggravating the heat rejection when operating in extreme en- 
vironments. This would require an extensive development program before introducing 
it into an actual Lander design. 

thereby achieving an isothermal temp- 
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4 . 5  IMPACT ATTENUATION AND STRUCTURE 

4 . 5 . 1  GROSS VEHICLE ATTENUATION REQUIREMENTS AND CRITERIA 

The Attenuation Subsystem is required to dissipate the Lander kinetic energy while, 
at the same time, limiting decelerative forces to levels that the landed subsystems can 
tolerate. In essence, crush-up impact attenuation devices have three principal traits 
which are designer-specified: (1) the basic attenuator material, (2) material density, 
and (3) attenuator thickness. The attenuator material to be used is determined from 
mission constraints and the various environments. For the Hard Lander study, the 
active environmental constraints include sterilization of the Lander package, an ex- 
tended in 
considerations, as well as the mission requirement for an RF- transparent container 
envelope, indicate phenolic fiberglass honeycomb as a reasonable reference material for 
purposes of the parametric study. The density of the particular honeycomb material 
to be used is dictated by impact conditions: total landed weight, tolerable peak g- 
level, and Lander geometry/footprint characteristics. These factors establish the 
required honeycomb crushing s t ress  which is directly related to the material density. 
The third attenuator design parP.meter, thickness, is specified by the kinetics of the 
impact situation. Thus, the impact velocity vector, the tolerable deceleration level, 
and the particular Lander footprint characteristics establish the necessary stopping 
distance or  stroke required to decelerate the Lander without exceeding the allowable 
g-level. Surface protrusions o r  rocks will require increased thickness as a safeguard 
against penetration of the payload container. Additional material beyond that which 
is required for deceleration stroke distance is included to allow for incomplete ma- 
terial crush-up. Another factor influencing the design thickness is provision for a 
safety factor against off-design impact conditions and imperfect estimates of Lander 
g-tolerance . 

interplanetary transit, and exposure to space irradiation. These 

An added criteria on gross crush-up attenuator thickness must also be applied. 
The requirement that the thickness be so limited that established, predictable failure 
mechanisms will produce the desired energy dissipation. For honeycomb material, 
this means that the thickness must be small enough so that gross buckling or shear 
failures do not occur before an orderly crush-up. The repeatable, predictable re- 
sponse of a proven material underlies the selection of phenolic fiberglass honey- 
comb of the density range and composition used in this study. 

Prior to beginning the parametric analysis which is conservatively based on 
encounter with an infinitely rigid soil (outcroppings for example), it  was  necessary 
to assess the extent of penetration which could be expected on realistic soft-soil 
conditions. 
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Although it  is possible to make calculations of dynamic penetration into soils by 
making assumptions on bearing strength, intergranular friction, and other sources 
of energy absorption as penetration proceeds, it is probably more accurate to make 
use of empirical data available on penetration of low-speed projectiles into @oils. 
With the latter approach, the main source of uncertainty lies in the process of extra- 
polating results from known terrestrial soils to the less dense (assumed) Mars  soil, 
rather than in the e r rors  inherent in making assumptions on the entire dynamic pene- 
tration process. 

Ref. 4-26 contains the results of many experimental measurements of the 
penetration of steel balls and other high density projectiles into sand, soft rock, and 
hard rock. Correlation is made via a ballistic density term y as follows: 

W .. 
Y ' ,  

6 P ,  D3 

where W is the weight of the impacting body and ,/6 pSD3 is the weight of a steel 
sphere of diameter D. An approximate formula for penetration, Y, into dry sand at 
210 fps  may be obtained from fig. 3 . 1  of ref. 4-26 as follows: 

Y = 3 . l y D  

For a typical M a r s  Lander Vehicle with D E 75 in. and W = 930 lbs: 

930 

- (0.283) (75) 6 
Y = T  3 

Y = 3 . 1  (0.0149) (75) 

It is difficult to assess the 

= 0.0149 

= 3.46in. 

difference between penetration of a toroidal shape like 
the M a r s  Lander design and that of the spheres used in the above calculation, but per- 
haps the correlation could be based n the relative submerged areas. For the sphere, 
the bearing area would be ?T (DY - Y ) = 776 sq in. while the toroid submerged 3.46 
inches would have a bearing area over 2,000 sq in. On this basis, the toroid would 
penetrate even less than 3.46 in. 

Ref. 4-27 presents the following empirical formula, based on more recent data 
on soil penetrations: 

I11 

Y = 6 . 4  SN =In (1 + 2  v2 x 
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where S is a soil constant, N is a nose shape constant, and A is the frontal area of the 
projectile in sq in. Taking S = 5 for a loose dry sand, N = 0.6, and A '3 2,500 
sq in.: 

Y = 6.4 (5) (0.6) d930/2500 In 1.88 = 7.4 in.. 

A possible cause of the factor-of-two difference between the estimates made above 
may lie in the fact that ref. 4-26 used data on small diameter steel balls (0.356 in. to 
4.3 in.) while ref. 4-27 used projectiles in the 3 to 18 in. range. Applied to the large 
size Mars  Lander, one would therefore tend to lean toward the 7.4 in. prediction. In 
either case, however, it is sufficient to note that these penetrations into the least 
resistant soi l  (of the dry variety - mud penetrations are quite deep) are quite small, 
and may be expected to be less for impact on harder media. 

Note that the Mars  soil is anticipated to have a density of 1 *0.6 gm/cm3, while 
the empirical results above were obtained with sand densities of about 1.6 gm/cm3. 
The method of ref. 4-26 would scale penetration inversely with target density, which 
would increase the 3.46 in. prediction to 5.54 in. for the least dense M a r s  soil. Ref.4-27 
uses penetration inversely prqortional to the square root of density, and the 7.4 in. 
prediction is increased to 9.4 in. for the least dense M a r s  soil. To summarize, it 
appears that the highest empirical estimate is 9.4 in. , and the expected value would 
be somewhat lower. 

In regard to the g-loadings experienced by components aboard the Lander, it must 
be noted that total stopping distance is the significant parameter. For a constant de- 
celeration process: 

8 220 210) (12) , 2 
g's - 

64.4Y Y Average g = ( 

In this case Y is the penetration plus the crushup stroke of the honeycomb, or  
about 12 in. plus soil penetration. Therefore, on impact with an unyielding surface, 
the average deceleration would be 685 g's, while the highest penetration estimate 
made above produces an average deceleration of 384 gfs .  The greatest influence on 
g-loading is therefore found to be the crushup stroke rather than penetration, and 
the exact calculation of penetration is not of utmost practical importance. 

On normal impact of the M a r s  Hard Lander, with yielding and energy absorption 
provided primarily by the crushup material of the Lander and by penetration into the 
M a r s  surface (and only to a minor extent by local flexibilities within the component 
package), it is assumed that all components will experience approximately the same 
deceleration-time history. In this discussion average decelerations will be used as 
a reference. In the point designs, however, actual pulse shapes are used. 
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The preceding paragraphs have presented estimates of penetration into the 
M a r s  surface by using empirical data provided in refs. 4-26and -27, at an impact 
velocity of 210 fps. Since the impact velocity is expected to vary, further calcula- 
tions are made for velocities from 100 fps to 300 fps. Average decelerations, V2/2Y, 
are also included and plotted in fig. 4 5.1- 1. 

Note that the slopes of the curves in the figure are similar, despite the 2:l dif- 
ference in  numerical values (discussed previously). I f 2 , O O O  gis selected as an order 
of magnitude approximation, constant in the 100 to 300 fps velocity range of a constant 
and selection deceleration independent of velocity implies a constant-force penetra- 
tion process, then in this case the force would be (930) (2,000) = about 2,000,000 
lbs 
honeycomb material as a more-or-less constant force process for purposes of this 
discussion and assuming an 8 in. deflection at an impact velocity of 200 fps, the aver- 
age deceleration on impact with a rigid surface would be (200)2/(2) (0.667) (32.2) =933 g's. 
This is about half the surface-penetration resistance, which implies that most of the 
deflection will be obtained from crushup rather than from surface penetration. 

as the Lander penetrates the M a r s  surface. Taking the crushup of the 

If the M a r s  surface resistance is constant and yields exactly at 2, OOOg's and the 
honeycomb yields at 1,000 g's and does not increase in resistance as it crushes, the 
entire stopping process would resemble impact on a rigid surface, since the M a r s  sur- 
face would not be penetrated at all. However, one might expect the honeycomb resist- 
ance curve to have peaks above the M a r s  surface resistance curve, and the actual 
decelerations would be somewhat below 1,000 g'S, For conservative estimating, how- 
ever, 1,000 g9  is appropriate for normal impact. 

Since most components will not have the mounting space to permit hvariations of 
more than a few inches, and Y 
body decelerations cannot be reduced much more than 20 percent. 

8 in. or more, it appears that the average rigid- 

The main function of shock mounting applied to the Mars  Hard Lander components 
will be to prevent excessive dynamic responses of individual components to the accel- 
eration-time inputs. If, for example, the higher frequency oscillations in the input 
pulse should tend to coincide with a lower mode of a component, the response could 
be amplified to a very high value, since this would be a case of forced vibrations. In 
this case the shock mount can be designed to perform two functions: 

1. Move the component-plus-mount frequency away from a resonance with the 
forcing function. 

2. Provide damping to further reduce responses to high frequency inputs. 

The requirements for individual shock mounts will be developed in detail design 
by preparing a dynamic computer model of the Lander and i ts  components, and sub- 
jecting the model to the deceleration-time inputs expected on impact. An analysis has 
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been performed on a typical HardLander to quantitatively assess the previous con- 
clusions. An important conclusion is that ground penetration will be on the order of 
inches for a realistic soft soil condition. Thus, early fears that very deep penetrations 
would take place and endanger experiment deployment are unwarranted. 

4.5.1.1 Impact Attenuation of Components 

When the Lander impacts on an edge, there exists the possibility that high angular 
accelerations may cause high loading on components located at  the outer extremity of 
the container. Two things can occur, high angle impact or low angle impact, as shown 
in fig. 4.5.1-2. 

4.5.1.1.1 Case A 

The overall force, Fo, over the area of impact may be expected to be less than 
for normal impact, Fn, because less area of crushup material is being loaded. Roughly, 
the force will be proportional to the area of contact; thus F 
of the c.g. will be less than the value G = Fn/M for normal impact. 

Fn and the deceleration a: 

In fig. 4.5.1-2(a), it is apparent that impact on one edge introduces a second major 
change in the form of an angular acceleration of the entire body. Components near the 
point of contact will experience the highest accelerations: 

.. G = G + r  Q 

G = F / M + r l X  

1 1  

a 

a IF a ‘ F  

a. Low Angle b. High Angle 

Figure 4.5.1-2. Angular Acceleration Conditions 
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Angular acceleration: 

Ibi = F r  
a 1  

Combining eq. 1 and 2: 

G = F a /M + Far:/I 

2 
Taking r = 2 ft, M = 930 lbs, and I = 2,020 lb-ft 

1 

2 
M r l  /I = 1.84 

G/G = 2.84 F /F 
0 a n  

(4) 

One would expect the area of contact to be considerably less than half that for nor- 
mal impact, probably in the 1/10 to 1/3 range. It thus appears, roughly, that impact 
at an angle will produce about the same decelerations a s  on normal impact, or prob- 
ably lower. 

4 . 5 . 1 , l .  2 Case B 

For this situation of impact angle, the same equations apply. However, analysis 
has shown that the force is about the same as the normal, flat impact: 

F = F  a n 

The moment arm r is much less than in Case A, leading to the same conclusion 
that high angular acceleration g's will not occur. The average decelerations expe- 
rienced by the overall lander, V2/2Y, may be decreased for any particular compo- 
nent on a shock mount with stroke 6 to a new value, V2/2(Y + 6 ) : 

G / G ~  = Y/(Y + 6) (5) 

Three major structural spring-damper elements exist between ground and a typical 
component in the Lander vehicle. These are the container structure, the prime 
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component mounting shelf, and the local mounting structure to a particular com- 
ponent. A vibration analysis that considers each of these prime structural elements 
could use the model below: 

If a spring-damper structure exists that can attenuate the g-load from the ground 
to the component, this element will be attainable from a variety of combinations of 
primary shelf and local mount designs. Since, at present, the design of both of these 
structural elements is quite fluid, no useful purpose is served by considering them 
separately. Thus, the model that will be used in the present shock response analysis 
will be: 
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The solution of this two degree-of-freedom system can be used to determine the 
If the equations of motion for this system acceleration response of the component. 

are  formulated: .. . . e .  

MlX3 + C X + K X - C2X4 - K X = -M X 
1 3  2 3  2 4  1 g  

M (X4 + X3) + C X + K2X4 = -M X 
2 2 4  2 g  

where 

- x1 
x = x  

4 2 

The most general approach to solution of the equations of motion is to find a general 
solution to the set of equations, then parametrically vary each of the constants of 
the motion to determine the combination that best reduces the acceleration response 
of the component. This is quite possible, but it would involve a great deal of labor. 
The number of parameters worthy of detailed study can be  reduced by consideration 
of the nature of the solution and the allowable open design variations. 

First, we may assume the masses to be fixed and the container stiffness, K1, to 
be fixed since these will, in general, be determined by factors other than the 
component response. Similarly, the damping in the container structure probably will 
be determined by factors beyond control, so that G1 may be established as a constant. 
Thus, the only parameters to be investigated a re  C2 and K2. 

For an initial trial, it may be recognized that damping plays a relatively small 
role in containing the amplitude of component acceleration response, since the excita- 
tion is transient and not steady state. Therefore, the existing damping in both the 
shelf and in the container for this preliminary may be neglected. Thus, the constants 
of interest would be: 0 

lb-secL 
inch M1* = 220/386 = 0.5699 

1b-s ec2 = 380/386 = 0.9845 
M2* inch 

= o  
= o  

c1 

c2 6 
K1* = 0.2209X10 lb/inch 

with K2 as  the parameter to be studied. 

The only other information needed to complete the problem are  the initial condi- 
tions and the forcing function. To determine the initial condition we assume that the 
Lander is dropping at constant velocity just prior to impact,, 

*These numerical values were chosen as representative of typical Hard Lander designs. 
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If the vehicle is considered to be moving at constant velocity toward a non- 
moving planet, we can just as  easily picture a planet moving toward a stationary 
vehicle. For this condition the initial conditions of the dynamic model at impact are: . . 

yI = yI = x2 = x2 = 0 

The actual profile of impact and the simplification of that complex shape used in 
the present analysis are shown in fig. 4.5.1-3. From this point onward, the solution 
is strictly an exercise in basic dynamics, and discussion or illustration of the pro- 
cedure is omitted. The result is two equations for the acceleration response of the 
mass M2 as  a function of time and of the spring K2. One of these equations is valid 
during the period when the forcing function is applied, while the second describes the 
motion after the forcing function is removed. Two additional equations a re  developed 
that define those times when the response hits a peak (the response is periodic and so 
has periodic peaks). These last two equations also a re  functions of K2. Using the 
equations for various values of K2, has been calculated. The curves are shown in figs. 
4.5.1-4 and -5, 

CONFIGURATION 

CAPSULE WT = 750 LBS 1200r 

CRUSH-UP MAT'L I 

0 1 2 3 4 5 

TIME, MILLISECONDS 

Figure 4.5.1-3. Shock Pulse for Lander Capsule 
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4 . 5 . 1 . 2  Discussion of Results 

An indicative peak response as a function of component mount support is shown 
in fig. 4.5 .1-5 .  The results indicate that a definite spring rate exists for which the 
component acceleration response will be a minimum. For the present set of numbers, 
that stiffness is 2000 lb/in but it must be recognized that the figure will vary as the 
other system parameters (K1, MI, M2, etc. are varied). Further, a t  2000 lb/in., 
the acceleration attenuation is about 8 : l .  However, that ratio will be highly dependent 
upon the actual pulse shape and upon the linearity (or lack of linearity) of the spring 
K2 * 

Unfortunately, significant reductions in 'g' response require large deflections, as 
shown in fig. 4.5 .1-3 .  It does not appear feasible to obtain these reductions with 
shock mounts or  by tailoring component mounting stiffness. A s  was stated before, 
these devices will be used primarily to minimize g-level amplification. 

4 . 5 . 2  ENVIRONMENTAL DEFINITION 

4 . 5 . 2 . 1  Surface Condition 

M a r s  surface conditions, as well as impact velocity and kinematical require- 
ments, interact to determine the impact attenuation design. The condition of a surface 
includes the following elements: surface bearing strength, effective surface friction, 
slopes, rocks and protrusions. Surface bearing strength is of special importance in 
the design of crush-up impact attenuation systems. In designing for an infinitely rigid 
surface, maximum use is made of the crush-up honeycomb and the full theoretical 
stroke is crushed. As elasticity and deformability are introduced into the surface 
'model, less of the honeycomb will be crushed and the balance of the stopping 
distance required for proper deceleration is provided by penetration and crushing 
of the ground surface. For design purposes, it is conservative to size the impact 
attenuation system based on an infinitely rigid ground surface. This approach allows 
one to safely descend on extensive rock outcroppings as well as the less rigid and 
more likely situation of an elastic soil mass. 

For impact upon elastic soil surfaces the approximate depth of penetration can 
be estimated as previously discussed in Section 4.5.1. 

Rocks and surface protrusions are specified by use of a characteristic dimen- 
sion. For the primary parametric studies the rocks a re  assumed of such properties 
that they have 5 in. of damage potential o r  penetrating capability. The effect of rocks 
of 5, 10, and 15  in. in effective depth is also included in some of the trade-offs. In 
sizing the attenuator, rock protection is provided by evaluating l%o expressions: 

t = stroke + rock height ( 1) 

t = stroke/eff + factor of safety ( 2 )  

I11 



The larger quantity is selected for the thickness in a particular direction around 
the Lander. The reasoning underlying eq. 1 is that, after the full stroke is used, 
an additional depth of honeycomb equal to the height of a rock still is available to pro- 
tect the payload container against penetration. This same material is considered as  
providing a factor of safety on stroke and makes provision for material compaction. 
Refer to fig. 4.5.2-1. Eq. 2 is based on the following: the theoretical stopping 
distance (stroke) is computed and increased by an amount to allow for a factor of 
safety and a material efficiency factor; the extra material then is counted also as  
active in providing rock protection capability to the crush-up system. This "double 
counting'? can be justified by the randomness of the factors contributing to the attenu- 
ator thickness, i.e., the probability of encountering rocks of full penetrating capa- 
bility (in this case 5 in. or more), &the stroke efficiency being at its lowest value, 
- and touchdown velocity conditions being more severe than those programmed in the 
mission are believed negligible and of such small consequence that the mission prob- 
ability of success would not be significantly altered. 

4 . 5 . 2 . 1 . 1  Slopes 

The slopes upon which the Lander may impact are important in sizing the impact 
attenuation system for two reasons. First, the vector resultant of descent and hori- 
zontal wind velocities is dependent upon the slope impacted. The normal velocity com- 
ponent is used to compute the stroke. Second, the slopes encountered when considered 

CONTAINER 

COMPRESSED 
PHENOLIC HONEYCOMB LANDED SUBSYSTEMS 

ARTIALLY CRUSH 
HONEYCOMB 

TION 

Figure 4.5.2-1. Rock Protection Size Requirements of Honeycomb 
Attenuator 
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4.5.2.2 Wind Effects 

The specification of a wind has been interpreted as a steady state horizontal 
velocity component superimposed on the programmed descent velocity. Wind is 
treated as acting in the plane determined by the VD descent velocity vector and the 
normal to the surface slope encountered. For parametric analysis wind magnitudes 
of 0,110 and 220 fps were considered. The significance of the wind on the Lander 
design is elaborated upon in Section 4.5.3. 

4.5.2.3 Secondary Impact 

In designing the honeycomb crush-up contours of the Mars  Hard Lander it is 
found that a considerable weight penalty is incurred if the Lander is made omni- 
directional and sufficient crush-up material is included on top to accommodate an 
upsidedown impact at the full right-side-up impact velocity. This condition can exist 
with certain combinations of parachute sway angles, surface wind velocities, and 
surface slopes However the probability of obtaining such unfavorable combinations 
is quite low. The purpose of this analysis is to determine the probabilities of obtain- 
ing secondary impacts (on the top side of the Lander) at various velocities, and 
to ascertain what values of secondary impact velocity are appropriate for design 
purposes from a probabilistic point of view. 

A complete dynamic analysis of the impact problem is quite difficult, tedious, 
and unwarranted at this time in view of the unknowns in the physical quantities re- 
quired to perform the complete analysis. It would be necessary to make assumptions, 
for example, of the relative resistance of the M a r s  surface material in tangential 
deformation (friction) versus normal penetration. Fortunately, however, if the Lander 
is studied in a rigid-body mode, with impulsive normal and tangential inputs, it is 
found that some of these unknowns are not required in order to obtain solutions of 
the motion after the first impact. In order to obtain a representative value, sec- 
ondary impact velocity, therefore, the impulsive momentum approach is employed 
in the following analysis. 

4.5.2.3 e 1 Equations of Motion 

In this analysis, it is necessary to assume that the first impact is impulsive, 
and that the Lander has not rotated appreciably during the impact. Examination of 
this assumption shows that it does introduce some error ,  since typical impact dura- 
tions will result in rotations of the order of 20 ' to 40 O while the impact is in process. 
In the equations that follow, this geometry change effect could be taken into account 
as a second iteration. However, for purposes of this first approximate analysis, it  
will be assumed that the Lander does not rotate during the first impact. 
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Another major assumption necessary to obtain simple solutions is that there is 
negligible rebound or bounce, such that the point of impact is brought to rest both 
tangentially and normally during the impact. In this way, the impact point becomes 
an instant center of rotation, and the c.g. of the Lander must move with velocity V2 
normal to the instant center-c.g. line after impact, as shown in the figure below: 

Observe that the Lander will flip over only if e> p -  7, as shown in the figure above. 
Angle 8 is a function of the parachute swing angle, a, the surface angle y,  
and the contours of the Lander: 

If motion stops at the point of contact: 

= 2 4 =  - 2r 1 
v2 cos e 

Writing an impulse-momentum equation for motion normal to the Mars surface: 

(4) 

JZ’ n dt = M V1 Sin (6-  7) + V2 cos €11 
Tangent to the Mars  surface: 

$I? dt = M VI cos (s- y ) -  V2 sin i9 r 1 
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Angular impulse momentum: 

Y1 h r d t  - rl b n d t  = I & 

C ornbining eq. 

-- v2 - 
v1 

The maximum 
the c.g. 

2, 3,  4, and 5: 

y1 - cos (& y )  - sin ( 6  - y )  r. I 

s i n e  

velocity of a point on the Lander after it flips over will be the sum of 
velocity and the rotational velocity 

zv = v + r 2 &  2 

2 
= 1 +- cos e 

1 

r 

r 
- CV 

v2 
(9) 

4.5.2.3.2 Calculation of Secondary Impact Velocity 

In order to facilitate a rapid, hand calculation of CV, fig. 4.5.2-1O(a) was pre- 
pared with scaled figures of the Lander; from which Y and r1 were obtained by direct 
scaling. Angle 8 was calculated from eq. 3 and I/rl 'M calculated using I = 2,020 
lb -ft and M = 930 lbs as typical values. With these quantities and with 1-2 taken 
as 2 ft. as a reasonable estimate of the location of the point of secondary impact, 
eq. 8 and eq. 9were employed to find CV.  Fig. 4.5.2-10@) contains the results 
of the computations for the two wind velocities in a matrix format. 

4.5.2.3.3 Detailed Interpretation of the Specification as it Applies to the 
Se condar y Impact Problem 

After the design specifications have been synthesized, the impact attenuation 
system design is carried through as described in the next section. Prior to this 
discussion however, it is well to detail certain aspects of both the omni- and multi- 
directional designs which are subtly influenced by one or  more of the specified 
criteria. 
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In general, neither form of the Lander will dissipate its entire impact kinetic 
energy upon initial impact although it has the capability to do so. (For the multi- 
directional Lander this capability is restricted to the prime (head-on) direction only. ) 
As a result,some provision might be made for repeated impacts on the same part of 
the Lander as was first contacted. Subsequent impacts on the identical surface are 
of such low probability that they may be neglected. Subsequent impacts on a portion 
of the Lander not crushed previously can be tolerated if such secondary hits are not 
more severe than the original velocity assumed in the vehicle design. The reasoning 
for this follows ipso facto from the basic nature of an omni-directional vehicle. 
For a multi-directional vehicle, secondary impact is not readily attenuated in all 
impacting directions because of the directionality built into the Lander shape. Because 
of the possibility of an aft end impact occurring as  a second or subsequent impact 
crush-up, material was added to the "back" end of the multi-directional Lander. 

The thickness was developed from rock protection requirements and a triangular 
stroke history for a velocity of 100 fps. (Refer to eq. 10.) 

The governing equation is 
n 

- va" - - x 1 2  in. f 5 in. 
Taft end gG 

which for Vn in fps is valid for a triangular acceleration stroke history and a 5 in. 
rock requirement. 

The significance belying the choice of 100 fps for the secondary velocity shall 
now be described. 

Secondary impact is significantly affected by both parachute sway and the slope 
angle encountered. Parachute sway is analytically treated as follows. The simplest 
approximation is that of a pendulum. For a given maximum sway angle, cp,  and neglect- 
ing wind effects the statistical distribution of cp is sinusoidal regardless of the Martian 

'g'or the extent of the parachute chord. If the sophistication of an atmosphere is 
introduced into the analysis, the distribution of the angle cp is still sinusoidal. The 
atmosphere will produce an amplitude decay and produce a lower frequency, but it 
does not affect the basic distribution of cp . This cumulative distribution for the sway 
angle (r, is given in fig. 4.5.2-11. 
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4.5.2.4 Large Amplitudes of Sway 

Experience shows that the motion of a pendulum bob is periodic, and we have 
seen that i t  is approximately harmonic-sinusoidal as a first approximation. Martian 
gravity constant g and chord length r does not affect this time (probability) distribu- 
tion of the pendulum angle. 

The Newtonian constant k of the Martian atmosphere means that each amplitude 
is slightly less than the one before. We have studied s n A l  amplitudes of o, where 
cp M sin cp is a good approximation. This is not true for cp = 40" (0.69813 f 0.64279). 
By conservation of energy (immersion in atmospheric fluid neglected), a result in 
terms of elliptic integrals is obtained. 

Once again, a cumulative distribution function for cp may be plotted as in fig. 
4 .5 .2 -  12. Overlaying the plotted cumulation distribution function derived from 
elliptic integrals upon the sinusoidal approximation, the difference is scarcely 
visible to the eye. However, the corresponding variations of frequency with ampli- 
tude (circular error)  is significant in the sense of horology. 

Slopes 

Probabilistic considerations also surround surface slope definition as provided 
in the following table which is based on latest LRC specifications. (Use was made of 
fig. III-C-4 of M a r s  Engineering Model Parameters for Mission and Design Studies, 
Preliminary Draft, Langley Research Center, May 1968, the 40" abscissa was taken as 
38' and the residual statistically interpolated from 40°to 90'. Normal probability 
paper was used, so that statistical interpolation, not linear, was used.) The result is 
plotted in fig. 4.5.2-13 and tabulated in table 4.5.2-1. 

4.5.2.5 Wind Speed 

Probabilistic analyses were also extended to include surface wind speed. From 
a reference developed by NASA/LRC, The Mars  Engineering Model Parameters For 
Mission and Design Studies 1968, the median speed is 55 m/sec, the maximum is 67 
and the minimum is 37 m/sec, There are no maximums or minimums in statistics, 
nor is there any physical reason for saying that winds speeds of 67.1 or 36.9 m/sec on 
Mars are impossible. Rather, one makes the usual assumption that these are the *3 
equivalents, i. e., P (S > 67) = P (S 37) = 0.0013. In this problem, this assumption is 
conservative, i. e. , the statement "S can exceed 67 only 0.13 percent of the time" 
is more conservative the "S cannot exceed 67". Refer to fig. 4.5.2-14. 
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TABLE 4,5, 2-Id STATISTICAL DISTRIBUTION OF SLOPE ANGLE 

Angle (de@ 

2 
4 
6 
8 

10 
12 
14 
16 
18 
20 
22 
24 
26 
28 
30 
32 
34 
36 
90 

Slope Angle 
Density Probability (%) 

22 
14 
14 
14 
5 
5 
6 
5 
4 
3 
3 
0.5 
0.9 
1.1 
0.3 
0.3 
0.2 
0.2 
1.5 

4.5.2.6 Compound Probabilities 

Cumulative Probability (%) 

22 
36 
50 
64 
69 
74 
80 
85 
89 
92 
95 
95.5 
96.4 
97.5 
97.8 
98.1 
98.3 
98.5 

100 

Previously we have developed cumulation distribution groups for pendulum angle 
8, wind speed v and surface slope A .  If f (e, u, a) is a monotonic function (change in 
one direction only as its variables each change in one direction) then the a percent 
level of f corresponding to the 6 percent levels of 8 ,  u , X are: 

46.4 
58.5 
66.9 
73.7 
79.4 
84.3 
88.8 
92.8 
96.6 
98.3 

100 
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f SLOPE, DEGREES 

Figure 4.5.2-13. Cumulative Probability Distribution for f Slope Angle 
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Figure 4.5.2-14. Cumulative Probability Distribution for Wind Speed 
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This enables one to report statistically on f by evaluating it 13 times. It is these 
compound probabilities which must be included in the rational analysis of the secondary 
impact problem. 'At the time of this report the full probabilistic nature of the wind 
has not been accounted for. Rather two isolated point estimates, corresponding to 
point design data furnished by NASA/LRC were investigated. 

For convenience in computation, the matrix was calculated with uniformly spaced 
pendulum angles 0 = -40 ", -20 O 9  0 ", 20 ", 40 " and ground slopes = -30 ", -15 ", 0 O s  

15", 30" 

For computing averages and other statistical measures, each result for CV must 
be weighted by its likelihood or  probability. The slope values are considered to repre- 
sent the slope intervals with the associated probability as given below: 

Y - Interval Probability 

-30 " -go", -22.5" 0.0225 
-15 " -22.5", - 7 . 5 "  0.1775 

0 "  -7.5",  7 . 5 "  0.6000 
15 " 7.5", 22.5" 0.1775 
30 " 22.5", 90" 0.0225 

The probabilities were obtained from the cumulative distribution graph for posi- 
tive slope. Symmetry implies that the graph for negative shage is identical. 

Similarly, the p - angle values must represent the angular intervals with an 
associated probability as given below: 

-40 " 
-20 " 

0"  
20 " 
40 " 

Interval Probability 

-go", -40" 
-40", -10" 
- l o " ,  -30" 

lo", 30" 
40", 90" 

0.025 
0.395 
0.160 
0.395 
0.025 

A probabilistic weighting matrix can therefore be constructed. 
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For a wind velocity of 110 &/see, results in the following table: 

Cases of 

flip 
of 

Lander 

IlO 

Value, Xi 

0 
0 
0 
0 
0 
0 

19 
48 
52 
53 
72 
97 

108 
115 
119 
125 
127 
128 
15 1 
156 
159.5 
17 9 
180 
189 
226 

Probability, pi 

0.00360 
0.00889 
0.02840 
0.02840 
0.00889 
0.00360 
0.09600 
0.23 700 
0.07011 
0.23700 
0.07011 
0.01500 
0.00444 
0.00444 
0.00056 
0.07011 
0.07011 
0.00056 
0.01500 
0.00444 
0.00444 
0.00889 
0.00889 
0,00056 
0.00056 

median value 
- 

= 52.1 

x = average value = 61.8 c pi xi 

standard deviation = 40.8 

Cumulative rm. Probability 

8.2 
17.8 
41.5 
48.5 
72.2 
79.2' 
80.7 
81.1 
81.6 
81.6 
88.7 
95.7 
95.7 
97.2 
97.7 
88.1 
99.0 
99.89 
99.94 

100 

These results yield the cumulative plot of fig. 4.5.2-15 for secondary velocity 
when the wind is 110 fps. 
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Interpolating from the cumulative probability graph to obtain data for the bar 
graph for 

= 110 ft/sec, results in: 'wind 

Value in EPE Cumulative ProbabiliQ (%) 

0 
25 
50 
75 

100 
125 
150 
175 
200 
225 
250 

8.2, 
18.0 
43.0 
79.0 
81.0 
88.5 
97.3 
98.5 
99.94 
99.99 

100.0 

The associated histogram is plotted as fig. 4.5.2-16. 

Probability Density (%) 

18 
25 
36 
2 
7.5 
8.8 
1.2 
1.44 
0.05 
0.01 

Arranging the values CV montonically for a wind velocity of 220 ft /sec yields. 

Value 

0 
0 

12 9 
17 1 
177 
186 
205 
209 
230 
236 
252 
257 
264 

Distribution 

0.00889 
0.00889 
0.09600 
0,23700 
0.23700 
0.07011 
0.07011 
0.02840 
0.02840 
0.01500 
0.00444 
0.00444 
0.00056 

Cumulative 
Distribution + 

1.8 
11.4 
35.1 
58.8 
65.8 
72.8 
75.6 
78.5 
80.0 
80.4 
80.9 
80.9 

Value 

270 
273 
27 6 
297 
3 02 
30 8 
308 
320 
322 
33 1 
375 
378 

Distribution 

0.07011 
0.07011 
0.00056 
0.00360 
0.00444 
0.00444 
0.00360 
0.00889 
0.00889 
0.00056 
0.01500 
0.00056 

Cum dative 
Distribution 

(%I 
87.9 
94.9 
95.0 
95.4 
95.8 
96.25 
96.6 
97.5 
98.4 
98.4 
99.9 

100.0 

median value = 176.3 average value = 195.5 

The associated histogram is plotted as fig. 4.5.2-17. 

standard deviation = 56.9 
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Figure 4.5.2-15. Cumulative Probability Distribution for V Corresponding to 
Wind Speed at 110 ft/sec 

I11 4-269 



0. 

0 

2 
F 
0 z 

AV = 61.8 STD DEV = 40.8 

100 200 300 

110 FT/SEC WIND VELOCITY 

Figure 4.5.2-16. Histogram for CV Corresponding to Wind Speed of 110 ft/sec 
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Interpolating from the cumulative probability graph of fig. 4.5.2- 17 for 
= 220 ft /sec produces: vwind 

0 
25 
50 
75 

100 
12 5 
15 0 
17 5 
200 
225 
250 
27 5 
300 
325 
350 
37 5 
400 

Cumulative Probability (%) I Value I 
1.8 
2.6 
4.0 
5.5 
8.0 

10.6 
21.0 
45.0 
71.0 
78.0 
81.0 
95.0 

i 95.5 

! L is presented as 100.0 fig. 4.5.2-18. 

Probability (%) 

2.6 
1.4 
1.5 
2.5 
2.6 

10.4 
24.0 
26.0 

7.0 
3.0 

14.0 
0.5 
2.6 
1.3 
0.5 
0.1 

The previous statistical analyses were performed for the purpose of deter- 
mining the probability of equalling or  exceeding a particular impact velocity. Based 
upon the limited first order approximation used, the following types of conclusions 
may be drawn. A s  an example, for a wind velocity of 110 fps the secondary velocity 
of impact will be 100 fps or  less about 8 1  percent of the time given that the Lander 
doeso in fact, flip over. In approximately 25 percent of the cases analyzed the Laader 
does not flip over. For the extreme wind velocity of 220 fps, of the cases analyzed 
the Lander flips 92 percent of the time and the secondary hit velocity is less than 
o r  equal to 100 fps only 8 percent of the time. 

Further statements of this type can be made based on the information in figs. 
4.5.2-16 and 4.5.2-17. 

I11 

The first order analysis indicates the overwhelming importance of an accurate 
wind definition to be used in conjunction with a unidirectional Lander mission. 

4-271 



C V FOR 220 FT/SEC WINDS 

Figure 4.5.2-17. Cumulative Probability Distribution for CV Corresponding to 
Wind Speed of 220 ft/sec 
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4.5.3 PARAMETRIC DESIGN CRITERIA 

4.5.3.1 Material Performance 

Phenolic fiberglass honeycomb of 3/16 ',in. cell size was chosen for the design of 
this study. This represents a reliable, predictable, well-developed material whose 
performance has been experimentally proven. The development basis and physical 
properties of this honeycomb have been experimentally proven and are reported in 
ref. 4 2 9 .  

Two significant facets'of th neycomb material are best illustrated by figs. 
4.5.3-14 and 4.5.3-1B,>whicharedesign curves. In fig. 4.5.3-1A the variation of mate- 
rial crushing stress with density is shown. From the curve it is seen that there is a 
definite maximum crushing s t ress  attainable with this material configuration, and 
that an increase in density over and above the value associated with this peak stress 
is not warranted. This same argument applies to the specific energy versus density 
relationship directly (as shown in fig. 4.5.3-1B). Experimentation has also shown 
that honeycomb densities below about 4 pcf, while producible, result in unpredictable 
behavior. This fact thereby sets the lower limit on the density to be used in the hard 
Lander designs. 

Fig. 4.5.3-2 shows the relation between phenolic fiberglass honeycomb effectively 
and the orientation of the applied load vector. This design curve is based on the ex- 
perimental results shown in figs. 4.5.3-3 and 4.5.3-4. The experimentation under- 
lying this effectivity relationship has been described in :ref. 4-29. The effectivity 
is seen to decrease by about 2 percent per  degree of difference between honeycomb 
longitudinal axis and the orientation of the applied load vector. This basic relationship 
has a decided influence on the design of the deep dish type of Lander because of the 
geometric characteristics inherent in the design. Since provision must be made for 
multi-directional o r  omni-directional impact capability, not all the material included 
in the impact attenuator will be active under any one time. This implies that the 
material is not used to i ts  utmost efficiency under all conditions. Geometric limita- 
tions also limit material efficiency and add a weight penalty since once certain boney- 
comb cells are oriented in a given direction their usefulness in other directions is 
limited by the obliquity effects. This loss in Fater ia l  effectivity is compensated for 
in part by the increase in the gross area as the crush up stroke progresses. Never- 
theless the obliquity effects are significant and markedly influence the pulse shape 
experienced for crush up at various orientations. Figs. 4.5.2-2 and 4.5.2-9 em- 
phasize this point for some typical Lander designs. 

Plotted in these figures is the crushed area vs  stroke for various cutting 
plane orientations. For comparative purposes, a plot of gross crushed area against 
stroke for various orientations is also presented in fig. 4.5.3-5. In generating the 
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Figure 4.5.3-2. Design Curve for Material Effectiveness 
Computations 
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Figure 4.5.3-4. Comparison of Crushing Stress vs Angle at  Impact for 
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above curves, an allowance for curvature in plan was also incorporated. This is 
believed to amount to no more than 20 percent due to the segmenting of the honeycomb 
attenuator into small elements. Further confirmation of this figure can be made with 
actual experimentation. The energy absorption mechanism is assumed to be purely 
crush-up. Failure of the bond of the individual cells or between honeycomb segments 
are eliminated by use of an adhesive which is stronger than the honeycomb material. 
This same adhesive is used to bond the honeycomb to the container structure and to 
the encapsulating structure. 

Gross deformation effects are also investigated for two conditions. The first is 
excessive stroke requirements which produce a thickness sufficiently large to lead to 
impulsive buckling of the honeycomb cells without crushing behavior. If such strokes 
are indicated, the attenuator is segmented further to eliminate buckling and promote 
crushing of the attenuator. 

Gross shear failures must also be considered. This possible mode involves the 
breaking off of an entire piece of material without crushing deformation. Where 
analysis indicates that gross shear is a possible, circumferential metallic strips 
welded to the payload container can be used to take out the shear in excess of what 
can be carried laterally by the honeycomb cells. 

These elements, while resistant to shear are sufficiently slender to buckle when 
impacted along their length, and thereby crush-up with the phenolic honeycomb 
material. 

4.5.3.2 Stroke Requirements - 

In Section 4.5.3 the influence of material effectivity was described. The 
crushing characteristics of the phenolic honeycomb intimately affect the stroke 
constants k. appearing in the stroke equation 

1 

- V2 
gG 

s = ki i 

For a given Lander geometry, the various ki values are determined as now de- 
scribed. The Lander geometry is inputted to the CRUSH Program, which returns the 
area crushed by various cutting planes. The effect of angular orientation is then 
incorporated into the computation by reducing the gross crush area by 2 percent for 
every degree of obliquity in elevation and then discounted further by a reduction 
factor of 0.8 for obliquity in plan. From the curve relating net effective area to 
stroke one can derive the expression for the energy absorbed in terms of stroke 
and peak g-level. This expression is then equated to the kinetic energy of impact 
normal to the cutting plan impacted. The resulting equation allows one to solve for 
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the stroke and implicity yields the stroke factor for the particular orientation measured 
with respect to the body. For design computations for multi-directional Lander, one of 
the stroke constants was derived as follows. 

For the 0"  case, the effective area versus stroke diagram takes the form shown 
in fig. 4.5.3-6. From this plot then, 

1 1 3  s 1  WG 
T 2 2 4  4 energy absorbed = - WG S + -x- WG 2 + - x S x 

energyabsorbed = - l3 WGS 16 

- -  l3 WGS - - v N  - 1 w  
2 g  16 

T T  2 
V 

So" ==x 
t t g  

Bottom stroke 0 "  slope 
di stance factor 

For crush-up at an angle of 45" and 90" with respect to the multi-directional 
Lander body (see fig. 4.5.3-6 and 4.5.3-7) the energy absorbed = 1/2 W/g V 
(1/3 -t 1/2 x 2/3) 

= WGS N 

- -  - WGS 1 w  2 
2 g v N  3 
- -  

2 
0.75 VN 

s45"- s90" g G  
- - - 

Experience and judgement have indicated that certain critical crush-up conditions 
can be used to size the multi-directional Hard Lander. The aft end thickness of the multi- 
directional Lander is sized according to secondary impact considerations as detailed 
in the next subsection. 

There is important physical significance attached to the stroke constants which 
can be derived for the multi-directional and omni-directional Lander concepts. If the 
deceleration pulse were ideal, that is, of the shape of fig. 4.5.3-8,then 

V L  = 1/2 - 
'ideal gG 
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Figure 4.5.3-8. Ideal Deceleration Pulse 

that is, Sideal is a minimum with k = 1/2. An attenuator with these characteristics 
would occupy a minimum volume. If the pulse shape were triangular, then the stroke 
constant is unity and 

It is seen that the Deep Dish Lander geometry represents a concept which is tend- 
ing toward the minimum stroke and hence a reduced volume. 

Once the three principal strokes are known, one has the principal contributing 
factors to the attenuator thickness computation, Provision must still be made for 
stroke efficiency, a factor of safety, and rock protection dimensions. These are  
handled as follows. Ref e 4-29 contains data on honeycomb stroke efficiency. For 
the densities used, this efficiency is about 0.8 e Stroke efficiency is defined as  that 
fraction of total honeycomb thickness which will actually crush-up when impacted a 

This affect occurs because some of the total thickness provided is lost as accumulated 
crushed material builds up. See fig. 4.5.3-9b 
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The foregoing stroke computations were incorporated into computer codes 
used in the parametric analysis of impact attenuation system. The CRUSH and DISH 
codes allow one to input the basic touchdown condition, payload density, Lander 
aspect ratio, landed weight, and'g tolerance payload density, and receive the size, 
volume, weight, crushing stress and honeycomb density for various Lander con- 
figurations. The codes also indicate combinations of constraints which cannot be 
satisfied within the guidelines established for the study. 

4.5.3.3 Sizing and Weight Estimation 

For study purposes, the sizing and weight estimation were done with an auto- 
mated procedure. A s  described in para. 4.5.3.2, the key stroke factors were deter- 
mined in various directions. For the multi-directional Lander these directions were 
0 O (bottom end first),45 O,and 90 O (side on). With these lay-off distances, the pro- 
gram logic fairs a curve approximated by chords through these points in order to define 
the surface periphery. The geometry is then subdivided, individual centroids computed 
and, by use of Gaudius rule, the volume of crush-up material is computed. The weight 
follows directly. 

4.5.4 SECONDARY EFFECTS 

There are two principal design details which were not included in the parametric 
analysis. At this stage it has not been established that such details are absolutely 
necessary; this point should be kept in mind throughout the following discussions. 

The first of these is the honeycomb wrap around structure, or  outer sheet 
casing. This casing is needed to produce the proper spreading of the impact loads, 
thereby mitigating localized damage to individual cells. The casing also functions to 
provide a surface for skidding while it prohibits the intrusion of sharp rocks o r  other 
outcroppings. Past experience with crushable Lander systems indicates that a very 
thin metallic skin can be bonded to encapsulate the honeycomb attenuator. The weight 
of this thin skin is a small fraction of the attenuator weight and is not sufficient to 
alter the trends and conclusions indicated by the parametric curves. Another design 
detail involves the shear strips used to take out gross shear forces which would other- 
wise tend to break off large chunks of attenuator material. These strips which can be 
welded to the landed subsystem container can be made of light gauge material and 
therefore will not add materially to the impact attenuation system weight. 

The design lay-up sequence,although of secondary importance for parametric 
purposes, must also be evaluated for accurate estimation of attenuation weight. 
Empirical information is most suitable here. Past experience indicates that the 
double curvature introduced in this Lander concept can be wrapped effectively by 
segmenting the honeycomb into pieces which are then bonded together. See ref 4 -26 
for details. In this way, the longitudinal axis of the honeycomb cells can be made 
near-radial with the payload contained structure. The wrapping proceeds around the 
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Lander circumference and then outward until the desired thicknesses are provided. 
The weight introduced by the adhesive is not included in the parametric curves. This 
effect can be accounted for by decreasing the (nominal) honeycomb density by a 
percentage to allow for adhesive bond weight. 

4.5.5 PARAMETRIC ANALYSIS 

4.5 5.1 Basic Parametric Data 

Presented herein in graphical form is parametric data for the Mars  Hard Lander 
Study. The data has been generated using both Lander geometries. For various landed 
weights and g-level combinations, the weight of attenuator material (as a fraction of 
landed weight) is plotted against descent velocity with variations shown for: 

1. horizontal wind 

2 .  peak deceleration 

3 .  surface slopes 

4.  lander weights. 

Refer to figs. 4.5.5-3 through 4.5.5-65. The combinations of weight and g-level 
shown were chosen because a representative number of meaningful points can be 
plotted to generate parametric curves. Note however, the inherent material and 
geometric constraints preclude the use of some g-level/weight combinations for a 
deep dish design. The reason for this is that the indicated crushing stress is either 
larger (high g's and weight) o r  lower (low g's and weight) than the stresses associ- 
ated with the phenolic honeycomb densities presently available. 

For these curves it is assumed that the most efficient 3/16 in. phenolic fiber- 
glass honeycomb is used as attenuator material. To insure that the material has 
dependable properties a lower limit of 4 pcf is used; the density range is therefore 
4 to 12 pcf. (Refer to fig. 4.5.3- 1 €or crushing stress versus density relations. ) 

It is also apparent that certain velocity limitations exist (for given g-level and 
landed weight constraints). This is reflected in those curves which do not cover the 
entire velocity spectrum. The exact cut-off points for the curves can be better 

approximated by successive iterations as required. 

For reference purposes the presently usedparameter matrix for the study is 
given in table 4.5.5-1 the analysis has been expedited by the use of DISH and KRUSH 
programs especially developed to treat the Deep Dish Landers. These codes account 
for varying Lander footprint areas with stroke and orientation as well as rock pro- 
trusions. Loss in material efficiency according to the empirical law of fig. 4.5.3-2 
is also included; in addition an efficiency effect due to Lander curvature (in plan) is 
incorporated into the code. 
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TABLE 4.5.5- 1. PARAMETER MATRIX 

Crushing Stress 

1 Directionality 

Parameter 

Lander Weight 

Descent Velocity 

Hor izont a1 Velocity 

Peak Deceleration 

Surf ace Slope 

Surface Pro trusions 

Attenuation Density 

;ymbol 

wL 

vH 

V 
V 

a 

e 
h 

P 

a 

- 

Dimensions 

lb 

ft/sec 

ft/sec 

fg' Earth 

deg 

in. 

lb/ft3 

2 
lb/in 

Range 

200-1000 

50-210 

0-220 

500-3000 

0- 34 

0-5 

6- 12 

4 00- 200 0 

Omni and 
multi 

Intermediate Values 

200,400,600,800,1000 

50,100,150,210 

0,110,220 

500,1000,1500,3000 

0,34 

095 

Continuo us 

Continuo us 

Omni and 
multi 

The DISH and KRUSH programs were constructed with this information and allow 
one to input the basic touchdownconditions and receive the size, volume, weight, 
crushing s t ress  and material density for various deep dish configurations. The 
routine also indicates combinations of constraints which can not be satisfied within 
the deep dish -- crushable phenolic guidelines. 

The geometry used in the programs is presented in fig. 4.5.5-1. The distances 
b and d are entered in the program along with landed weight, allowable 'g' and the 
rock clearance constant. The program sizes the attenuator system based on the 
geometric approximations shown. Fig. 4.5.5-2 shows typical program output 
information. 

4.5.5.1.1 Discussion of Omni-directional Parametric Data 

Figs. 4.5.5-3 through 4.5.5-37 present the parametric results for the various 
weight, g-level, velocity, slope, rock, and packaging density variations for an omni- 
directional Lander configuration. The individual characteristics of a particular curve 
are listed on the figure. 

The figures show the fraction 

Crush-up Weight = 
Lander Weight 
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against descent velocity for various parameter combinations. For a particular 
landed weight one can compute the associated Lander weight from the relation 

Landed Weight Lander Weight = 
1 - K  

Comparison of the various curves shows the obvious trends that increasing 
weight penalties are paid due to increased in VH, VD o r  slope angle. It is also ap- 
parent that decreases in packaging density produce the same effect. As the operating 
g-level is decreased, an increasing weight penalty is paid for the necessary crush- 
up. For certain conditions, the effect of eliminating the rock criteria is also shown. 
Again, a weight penalty is paid for having to protect the container against rocks. 

The curves are smooth functions for the ranges of parameters studied with one 
exception. 

For certain combinations of velocities and g-levels the criteria which determines 
the thickness and thus the attenuator weight, changes from that of furnishing a rock 
protection thickness to be added to the stroke, to one of increasing the basic stroke 
to allow for a stroke efficiency factor. 

Because of this transition between criteria some of the parametric curves have 
an abrupt change in slope. 

Secondly, the parametric curves imply that for a given set of conditions a partic- 
ular design is valid for angles up to and including the greatest slope angle. This 
means that for a nonzero slope, and no wind velocity the curve for VH = 0 is actually 
determined for an impact on a zero slope with the full descent velocity. The reason- 
ing for this is that the velocity component normal to the slope is used to size the 
stroke. 

It is important to realize that this stroke-sizing criteria means that for an impact 
on a 0 "  slope the wind velocity is arbitrary. The families of parametric curves for 0 "  
slope therefore reflect changes in packaging density. For an arbitrary VH which is 
absorbed by sliding. 

4.5.5.1.2 Discussion of Multi-directional Parametric Results 

Figs. 4.5.5-38 through 4.5.5-65 present the parametric results for the various 
weight, g-level, velocity, slope, rock and packaging density variations for a multi- 
directional Lander configuration - The individual characteristics of a particular 
curve and other comments previously advanced for the omni-directional Lander 
curves also apply to these figures. 
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PAY LOAD + CONTAINER 

Figure 4.5.5-1. General Geometry for the Various Designs as Used for 
Computer Program Input 

T Y P E  OUTSIDE DIAMETER (IN) = 44. 

T Y P E  INSIDE RADIUS (IN) = 17. 

TYPE NTH, NVV. NVH, NG, NWT = l,l, 1,1,3 (case information) 

TYPE SLOPE ANGLE (DEGREES) = 34. 

TYPE VERTICAL VELOCITY (FPS) = 100. 

TYPE HORIZONTAL VELOCITY (FPS) = 220. 

TYPE G LEVEL (EARTH G'S) = 1000. 

TYPE TOTAL WEIGHT (LBS) = lOOO., 1015., 1035. 

T Y P E  STROKE CONSTANTS (THREE) = 0.6, 0.7, 0.7 

T Y P E  ROCK DISTANCE (IN.) = 5. 

"d" 

ITbTT 

SLOPE DES. V E L  HOR. V E L  G LEVEL WEIGHT 

34.000 100.000 220.000 1000.000 1035.000 

IMPACT ANGLE NORMAL VELOCITY 

58.4439 205.9261 

so s45 s90 

9,4820 11.0623 11.0623 

TO T4 5 T90 

14.4820 16.0623 16.0623 

STRESS = 1350.1876 

AREA COEFFICIENT = 766.5601 

TOTAL VOLUME O F  CRUSH UP = 59.9513 

TOTAL WEIGHT O F  CRUSH U P  = 566.7358 

TOTAL WEIGHT AVAILABLE = 468.2642 

CRUSH U P  AS FRACTION OF TOTAL WT. = 0.5476 

DENSITY = 9.4533 

Figure 4.5.5-2. DISH Sample Input/Output 
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Figure 4.5.5-4. Crush-up Weight for Omni-directional Lander, Lander 
Wt = 300 lb, g-level = 1000, Slope = 34' , Packaging Density = 20 pcf 
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Figure 4.5.5-5. Crush-up Weight for  Omni-directional Lander, U n d e r  Wt = 300 lb, 
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Figure 4.5.5-6. Crush-up Weight for Ornni-directional Lander, Lander Wt = 300 lb,. 
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Figure 4.5.5-11. Crush-up Weight for Omni-directional Lander,  Lander  Wt = 400 lb, 
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Figure 4.5.5-12. Crush-up Weight for Omni-Directional Lander, Lander Wt = 400, 
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Figure 4. 5.5-14. Crush-up Weight for Odmni-directionalLander, Lander Wt = 400 lb, 
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Figure 4.5. 5-15. Crush-up Weight for Omni-directional Lander, Lander Wt = 400 lb, 
g-level = 1000, Slope = 34', Packaging Density = 40 pcf 
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Figure 4.5. 5-16. Crush-up Weight for Opni-directional Lander, Lander Wt = 400 lb, 
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Figure 4.5.5-17. Crush-up Weight for Omni-directional Lander, Lander Wt = 400 lb, 
g-level = 1500, Slope = 340, Packaging Density = 20 pcf 
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Figure 4.5. 5-20. Crush-up Weight for Omni-directional Lander, Lander Wt = 500 lb, 
g-level = 500, Slope = Oo, Packaging Density = 20, 40, and60 pcf 
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Figure 4.5,5-21. Crush-up Weight for Omni-directional Lander, 
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Packaging Density = 40 pcf 
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Figure 4.5.5-22. Crush-up Weight for Omni-directioonal Lander, 
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Figure 4.5.5-24. Crush-up Weight for Omni-directional Lander, 
Lander Wt = 500 lb, g-level = 1000, Slope = 34*, 

Packaging Density = 20 pcf 
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Figure 4.5.5-25. Crush-up Weight for Omni-directional Lander, Lander Wt = 500 Ib, 
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Figure 4.5.5-29. Crush-up Weight for Omni-directional Lander, 
Lander Wt = 600 lb, g-level = 500, Slope = 0 , 

Packaging Density, 20,40 and 60 pcf 
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Figure 4.5.5-32. Crush-up Weight for Omni-directional Lander, 
Lander Wt = 600 lb, g-level = 1000, Slope = OD, 
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Figure 4. 5.5-33. Crush-up Weight for Qmni-directional Lander, Lander Wt = 600 lb, 
g-level = 1000, Slope = 34', Packaging Density = 20 pcf 
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Figure 4.5.5-34. Crush-up Weight for Omni-directional Lander, Lander Wt = 600 lb, 
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Figure 4.5.5-37. Crush-up Weight for Omni-directional Lander, Lander Wt =600 lb, 
g-level = 1500, Slope = 34*, Packaging Density = 20 pcf 

In; 4-323 



0,50 

!2 8 0.40 

5 
2 

s 

i3 
SE 

E 
0.30 

\ 

E-C 

3 

E 

E u 

4 0020 

4 0,lO 

9 H 

0 
0 50 100 150 

DESCENT VELOCITY, FPS 
200 

Figure 4.5.5-38. Crush-up Weight for Multi-directional Lander, Lander Wt = 300 lb, 
g-level = 1000, Slope = 0" , Packaging Density = 20 pcf 
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Figure 4.5.5-39. Crush-up Weight for Multi-directional Lander, Lander Wt = 300 lb, 
g-level = 1000, Slope = 0' , Packaging Density = 40 pcf 
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Figure 4.5.5-41. Crush-up Weight fo r  Multi-directional Lander, Lander Wt = 300 lb, 
g-level = 1000, Slope = 34', Packaging Density = 20 pcf 
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Figure 4.5.5-42. Crush-up Weight for Multi-directional Lander, Lander Wt = 300 lb, 
g-level = 1000, Slope = 34O, Packaging Density = 40 pcf 

4-328 I11 



v =  H 

- VH = 110 

V H ' 0  

220 NO ROCKS 

v = 110 

NO ROCKS 
H 

220 

t I I I I 
0 50 100 150 200 250 

DESCENT VELOCITY, FPS 

Figure 4.5.5-43. Crush-up Weight for Multi-directional Lander, Lander Wt = 300 lb, 
g-level = 1000, Slope = 34O, Packaging Density = 60 pcf 
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Figure 4.5.5-45. Crush-up Weight for Multi-directional Lander, Lander Wt = 300 lb, 
g-level = 1500, Slope = 34O, Packaging Density = 20 pcf 
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Figure 4.5.5-46. Crush-up Weight for Multi-directional Lander, Lander TVt = 300 lb, 
g-level = 1500, Slope = 34', Packaging Density = 40 pcf 
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Figure 4.5.5-47. Crush-up Weight for Multi-directional Lander, Lander Wt = 300 lb, 
g-level = 1000, Slope = 0" , Packaging Density = 20 pcf 
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Figure 4.5.5-48. Crush-up Weight for Multi-directional Lander, Lander Wt  = 400 lb, 
g-level = 1000, Slope = O", Packaging Density = 40 pcf 
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Figure 4.5.5-49. Crush-up Weight for Multi-directional Lander, Lander Wt = 400 lb, 
g-level = 1000, Slope = 0" , Packaging Density = 60 pcf 

4-335 



V 
H 

VH = 110 NO ROCKS 

I I I 
50 100 150 200 0 

DESCENT VELOCITY, FPS 

Figure 4.5.5-50. Crush-up Weight for Multi-directional Lander, Lander Wt  = 400 lb, 
g-level = 1000, Slope = 34*, Packaging Density = 20 pcf 
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Figure 4.5.5-51. Crush-up Weight for Multi-directional Lauder, Lander Wt =400 lb, 
g-level = 1000, Slope = 34", Packaging Density = 40 pcf 
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Figure 4.5.5-52. Crush-up Weight for M2lti-directional Lander, Lander Wt = 400 lb. 
g-level = 1000, Slope = 34 , Packaging Density = 60 pcf 

111 4-338 



50 100 150 200 0 

DESCENT VELOCITY, FPS 

111 

Figure 4.5.5-53. Crush-up Weight for Multi-directional Lander, 
Lander Wt = 400 lb, g-level = 1500, Slope = O o ,  

Packaging Density = 20 pcf 
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Figure 4.5.5-54. Crush-up Weight for Multi-directional Lander, Lander Wt = 400 lh, 
g-level = 1500, Slope = 34', Packaging Density = 20 pcf 
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Figure 4.5.5-55. Crush-up Weight for Multi-directional Lander, Lander Wt = 500 lb, 
g-level = 1000, Slope = 0" , Packaging Density = 20 pcf 
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Figure 4.5.5-62. Crush-up Weight for Multi-directional Lander, 
Lander Wt = 600 lb, g-level = 1000, Slope = Oo, 

Packaging Density = 40 pcf 
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4.5.5.2 Lander Map Parametric Synthesis 

The second quadrant of the mission maps used in parametric synthesis introduces 
the requirements of the impact attenuation subsystem. Because this quadrant repre- 
sents an important intermediate step between entry/retardation requirements and 
landed subsystem definition, the trends and associated mission significance merit 
elaboration. Presented in figs. 4.5.5-66 through 4.5.5-80 are Lander maps for the 
representative touchdown conditions indicated in the accompanying legends. The 
data given is summarized for reference in table 4.5.5-2. 

The basic curves relate, for both the multi-directional and omni-directional Lander 
concepts, the decelerator load to the total weight of landed subsystems (including the 
container steel structure). By introducing the operating rigid body g-level as a 
parameter, a family of curves for each Lander results. Finally, Lander weight 
trends are incorporated as a family of lines parallel to the abscissa. 

For any Lander map, two trends are evident. The first is that the curve families 
for the omni-directional Lander lie above those for the multi-directional Lander. The 
significance of this is that for a fixed decelerator load (and, consequently, fixed 
Lander weight) one can land more total subsystems on the planet with the uni- 
directional Lander than with the omni-directional Lander. The second trend is that 
increases in total landed subsystems produce greater increments in Lander weight 
(and decelerator load) for omni-directional than for multi-directional Landers. 

TABLE 4.5.5-2. PRESENTATION OF LANDER MAPS 
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Other conclusions may also be drawn from the Lander maps. If, for example, 
one chooses a decelerator load (hence a Lander weight), and fixes the g-level, he can 
compare omni-directional and multi-directional designs directly. For example, refer 
to fig. 4.5.5-66. For the touchdown conditions of the figure, assume a decelerator 
load of 820 lbs is specified (from a quadrant one mission map). Then the associated 
Lander weight is about 660 lbs. For a g-level of 1000 g's, a multi-directional vehicle 
can land 500 lbs of subsystems plus container; an omni-directional vehicle can land 
450 lbs of subsystems including the container. The general superiority of the multi- 
directional shape is apparent, but the container geometry must be entered into the 
problem. 

The weight of the container is included in the total landed subsystems. As one 
lands more science subsystems, a larger volume and hence, a larger, heavier con- 
tainer is required. As  a result, the difference in landed science subsystems weight 
will not be a s  large as  the difference in total landed weight. In general the difference 
in science landed weight for the two designs is about 60 percent of the difference in 
total landed weights. 

Other significant trends can be identified with the aid of fig. 4.5.5-81. If fig. 
4.5.5-66 is entered with the same decelerator load but with a lower g-level, the 
crushing stress and the container weight fraction will be reduced. The difference 
in the weight fractions for comparable omni-directional versus multi-directional landed 
weights is not a s  large, and therefore, the multi-directional Lander becomes more and 
more favorable. Alternately, if higher g-levels a re  compared the crushing stress 
increases and the container weight fraction increases. The difference in the weight 
fractions for comparable omni-directional and multi-directional landed weights be- 
comes larger and the multi-directional Lander, while still preferable, is superior 
by a diminishing weight margin. Another way of phrasing this is to say that at the 
higher g-levels, one tends to be landing increasing heavy containers at the expense 
of landed science subsystems in order to protect these very subsystems. 

Comparisons between Lander maps can also be drawn. See for example, figs. 
4.5.5-66 through 4.5.5-68 which represent a wind velocity of 110 fps, 5 in. rocks, 
a 34' slope angle, 40 lbs/ft3 landed science subsystem density, but differing vertical 
velocities of 100, 150 and 200 fps. It is noted that in general for both Lander types, 
the families of curves for the VD= 200 fps case lie above those for VD = 150 fps, which 
in turn lie above the VD= 100 fps curves for corresponding g-levels. By the same 
reasoning discussed in comparing omni-directional to multi-directional Landers directly, 
one can say that for a given decelerator load (and Lander weight) one can land more sub- 
systems a s  the descent velocity VD is reduced. Also seen from figs. 4.5.5-66 through 
4.5.5-68 is that changes in the operating g-level a r e  more significant a s  the descent 
velocity increases. This is best seen by use of a particular numerical example. Assume 
a multi-directional Lander with a decelerator load of 800 lbs. If VD= 100 fps an increase 
in operating g-level from 900 to 1000 g's increases the total landed weight from 478 to 485 
lbs, or  7 lbs. At V ~ = l 5 0  fps, the difference is 460 to 475 lbs, o r  15 lbs, and at VD = 
200 fps, the increase is from 365 to 395, o r  30 lbs of total landed subsystem weight. Finally, 
some comparison may be drawn between maps in figs, 4.5.5-68 and 4.5.5-69. For these 
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maps, the conditions are similar except that the slope is 0" in fig. 4.5.5-69. A com- 
parison of the curve families again shows the two sets of curves in fig. 4.5.5-69 to 
lie below those of fig. 4.5.5-68 indicating that, in general, a weight penalty is re- 
quired for gaining increased slope capability. Comparison of figs. 4.5.5-66 and 
4.5.5-67 with fig. 4.5.5-69 will reinforce and emphasize this comparison. Fig. 
4.5.5-69 also emphasizes another point. Examination of the curves shows that the 
three g-levels are almost indistinguishable from one another. The reason for this 
is that the attenuator volume for these particular touchdown conditions is sized pre- 
dominantly by the rock protection criterion and as a result, the g-level is of secondary 
significance. If the rock constraint were eased, the g-level effect would become more 
pronounced as in the other maps. 

4.5.5.3 Substructure and Container 

The conceptual design for packaging of landed science and systems components 
is based on a cylindrical flat disc type container structure. The container consists 
of the cylindrical wall with an "egg-crate" type structure composed of beams and webs 
to support the components in mutually orthogonal directions so as to provide for 
omni-directional impact conditions of the Lander. 

The container is then installed within a toroidal substructure which sustains the 
impact loading, due to crushing of fiberglass honeycomb attenuation material. The 
cylindrical wall thus forms an interface between the attenuator impact loading and 
the component inertia. 

4.5.5.3.1 Structural Loading and Parameters 

Substructure - The substructure is subjected to crushing stresses due to impact 
attenuation. The crushing s t ress  is a function of the impact velocity and decelera- 
tion level and is determined by selecting a suitable honeycomb density. For omni- 
directional impact, the loading conditions of the toroidal ring are shown in the illus- 
t rat ions below : 

t 
a. Edgewise Impact b, Flat-wise Impact c. Angular Impact 

4-354 I I1 



The critical loading thus occurs in the edgewise impact case. The angular impact 
case can be treated as a combination of the edgewise and flatwise cases. The toroid 
section is assumed to be semicircular and subjected to external crushing pressure. 
An ultimate factor of 1.25 was applied. 

Honeycomb sandwich construction using aluminum alloy is considered as baseline 
since it provides an optimum structure to satisfy both strength and stiffness require- 
ments. 

Parametric Analysis - The primary loading parameter for the substructure is the 
attenuation of crushing stress.  Secondary parameters are total landed weight (ex- 
cluding attenuatior weight) and maximum deceleration level. The geometric param- 
eters  are definedbythe container diameter and height. The toroid section radius is 
taken as half the container height. 

The parameters and their ranges are: 

2 
Crushing Stress : 600 to 1900 lb/in 

Landed Weight: 200 to 1000 lb 

Deceleration Level: 500 to 3000 Earth g's. 

Analysis 

For a circular torus section the strength and buckling critical structural thick- 
nesses are given by: 

2 
for strength: t = P x F x r  P = crushing stress, lb/in 

for buckling: 

allow F = ultimate factor f 

(ky r = radius of torus 
e E 

2 
4 ( l - ~  ) 

P =  

allow f 

e = effective 

For honeycomb sandwich construction: with face sheet thickness t each and core f 
thickness t 

C' 
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Figure 4.5.5-66. Impact Attenuation Lander Map for Vwind = 110 fps, 
Vdescent = 100 fps, Slope Angle = 34O, Payload Density = 4Opcf, 

Rocks = 5 in. 
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Figure 4.5.5-67. Impact Attenuation Lander Map for vwind = 110 fps, 
Vdescent = 150 fps, Slope Angle = 34O, Payload Density = 40 pcf, 

Rocks = 5 in. 
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Figure 4.5.5-68. Impact Attenuation Lander Map for vMnd = 110 fps, Vdescent = 200 fps, 
Slope Angle = 34", Payload Density = 40 pcf, Rock = 5 in 
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Figure 4.5.5-69. Impact Attenuation Lander Map for Vwi d = Arbitrary, Vdescent = 100 fps, 
Slope Angle = Ob, Payload Density = 40 pcf Rocks = 5 in. 
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Figure 4.5.5-72. .Impact Attenuation Lander Map for Vwind = 220 fps, Vdescent = 150 fps, 
Slope Angle = 340, Payload Density = 40 pcf, Rocks = 0 in. 
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Figure 4,5.5-81. Landed Container Structure Trade-off 

Structural weight densities for varying crushing stress and Lander container semi- 
height are shown in fig. 4.5.5-82. 

4.5.5.4 Effect of Rock Size on Attenuator Weight 

It was seen from the parametric studies that an increasing penalty is  paid for 
rock protection. To see how pronounced this effect can be, figs, 4.5.5-83 and 
4.5.5-84 were generated for rocks of 5, 10 and 15 in, along with the touchdown param- 
eters indicated. 

From figs. 4.5.5-83 and 4.5.5-84 it is apparent that a higher penalty in weight 
is associated with bigger rocks. This effect is most pronounced at  the lower impact 
velocities were the attenuation thickness may be sized by rocks and not by the stroke 
found from velocity considerations. 
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4 .5 .6  PNEUMATIC SYSTEMS (Alternate Method) 

To provide comparative data on other Lander approaches, limited parametric 
trade-offs were performed on a spherical pneumatic bag system. The intent here is 
to  furnish background information pertinent to the ranges of weight and g-loadings 
which appear attractive from a Hard Lander viewpoint. 

4 . 5 . 6 . 1  Parametric Trade-offs for Spherical Pneumatic Bags - High 
Performance Pneumatic Bag Landing Systems 

4 . 5 . 6 . 1 . 1  Introduction 

Pneumatic bags have long been considered useful for landing spacecraft and have 
been successfully used in various programs. A great advantage of such devices is 
their storability during flight, a quality which sets them apart from rigid devices suchas 
honeycombs which occupy valuable fixed volume in the spacecraft and their potential 
insensitivity to surface unknoivns. Despite this and their potentially high performance, 
pneumatic bags have not enjoyed great popularity because of their non-passive char- 
acter. Their operation depends on maintaining a rather predictable pressure-stroke 
variation and this requires achieving a particular gas discharge sequence during the 
deceleration stroke. If gas discharge occurs too rapidly, the stroke will be expended 
before all of the kinetic energy is removed from the vehicle, and the vehicle is then 
subject to undesirably high forces. If discharge occurs too slowly, the vehicle will 
rebound with resulting loss in landing control. Hence, maintenance of the proper gas 
discharge history is vital to the performance of gas bag Landers. 

In order to achieve the maximum potential from gas bag systems, moreover, it 
is necessary that the gas discharge pressure be close to both the initial pressure 
prior to impact and the burst pressure of the bag, and that it be as constant as possible 
throughout the stroke. It is also desirable to maintain a constant bag cross section 
during the stroke, since, if the above conditions are  met, the force-stroke variation 
is optimum (rectangular). Hence, a constant pressure bag in the form of a circular 
cylinder, whose central axis is aligned with the velocity vector throughout the impact 
is the most efficient configuration. 

At the same time, the above configuration can only be considered an unattainable 
ideal. Practical considerations such as axial misalignment on impact, elasticity of 
the bag material, the necessity of maintaining safety margins, and gas discharge con- 
trol limitations all act to separate the actual system from the ideal. 

Realizing however, that the consideration of a near ideal system would preclude 
consideration of the gnawing realities of actual landing conditions, such as unpre- 
dictable landing attitude, a parametric study of spherical configurations containing a 
centrally mounted payload, was performed to indicate the potential of gas bag sys- 
tems. This study is reported in the following section, Parametric Study of Spherical 
Systems. 
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4.5.6.1.2 General Description of System 

The system studied consists of a spherical bag containing a centrally mounted 
spherically shaped payload at the center. The payload is attached to the bag by means 
of radial cell members which fan out in a uniform distribution around the payload. 
These cells, in addition to the above mentioned function, serve to compartmentalize 
the internal volume and provide shear strength. 

The pressurizing gas is assumed to be stored in a spherical bottle prior to use. 
This container is itself stored within the payload volume. 

4.5.6.1.3 Materials 

The materials used for the spherical bag and cells are phrased in terms of the 
ratio, a c/pw, of a working stress to the material weight density. The value of 
oc /pw used was  1.0 x lo6 in, and is representative of high strength fabrics con- 
taining various safety factors. The following table lists two examples. 

STRENGTH OF SUITABLE GAS BAG MATERIALS 

The factor, k, includes a safety margin and takes into account the seams nec- 
essary to join sections of fabric and the weight of impregnating material required 
to render the fabric gas tight. This latter requirement applies only to the spherical 
portion of the bag. 

The material of the spherical gas storage bottle was assumed to be a filament 
woundglass-plastic composite of high strength. A stress to density ratio of 2 . 0 ~  lo6 
in. is presently attainable. 

Helium in its gaseous form was used as the pressurizing gas because of its low 
weight. 

4.5.6.1.4 4ssumptions 

The following assumptions were made in the parametric study. 

1. The entire weight of the landing vehicle including that of the gas bag system 
was considered to be concentrated in the centrally situated spherical payload 
having an average density of 25 lb/ft3. This assumption results in an over- 
estimation of the landing system weight since a portion of the energy of the 
landing system would be absorbed by direct contact with the ground surface. 
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2 .  The impact was considered to be normal to the ground surface, with no 
lateral component. The impact velocity was taken as the resultant of latest 
estimates of vertical and horizontal impact velocities. 

3. The gas bag material was assumed to be inelastic, such that the bag re- 
mains spherical at its initial size everywhere except in the expended portion. 

4. The gas pressure is maintained constant throughout the operation. 

5. Full deceleration occurs when 80 percent of the available stroke has been 
expended. 

6. A factor of safety of 3.0 was assumed for the gas storage bottle. In addition, 
20 percent of the bottle weight was added to account for hardware and 
plumbing. 

7 .  The effect of the Martian gravity was ignored. 

4.5.6.1.5 Range of Parameters 

Total vehicle weight, W = 300, 600, 1000 lb 

Resultant impact velocity, V R 

Deceleration limit, A = 1000 g's. 

T 
= 50, 100, 200, 500 ft/sec 

g 

4.5.6.1.6 Analysis 

The relation describing the energy removed from the payload is 

2 
'OS3 %] - -  - 2' wTvR 

E 0 = p r R 3 [ :  e 3 g 
- cos cp + 

where cpe is the central angle at which the body is fully stopped. Referring to fig. 

qe  
expression, 

is related to the outside radius, R, and the payload radius, R, by the 4.5.6-1 

cos (0 e 5  = L (1 + 4  $) 
The pressure, p, is equal to the limiting decelerating force divided by the cross- 

sectional area of the bag corresponding to the angular position, gc is e' 
*g  wT 

2 2  
R sin cp 

P =  

e 

I11 

(3) 
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The above three equations, containing the three unknowns R, p, and <oe were 
solved by first computing values of E,, for several assumed values of R from the 
equation 

A W-R 

obtained by substituting eq. 3 in eq. 1, using eq. 2 to obtain ‘pe from R. Then from a 
plot of values of % versus R the value of R corresponding to 

was found. This value of R corresponds to full deceleration in 80 percent of the avail- 
able stroke and a peak decelerating force equal to the product A W 

g T’ 
The weights of the system can be now calculated. Beginning with the spherical 

portion of the bag, the weight, W is 
S 

= 4 a R  2 hpw = 4 1 r R  2 p R  ( 2 0 c )  Pw 
ws 

The weight of radial cells is obtained from the fact that they must tensionally 
transmit decelerating force from the top portion of the bag to the central payload as 
shown in fig. 4.5.6- 1. The stress sustained by any cell member on the upper half of 
the spherical part can be shown to be approximately 

= cos 01 
OO! 0 

(7) 

where (T is the tensile force per unit area of the spherical bag surface exerted along 
the line of deceleration and CY is the central angle of the cell position. The total vertical 
force exerted by all cells on the bag surface is 

2 
F = 2 n R  a s i n @  cos &doc 

0 
0 
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Figure 4.5.6-1. Pneumatic Bag Schematic 

u is exactly equal to p and, since it is due to the cell tension, 
0 

where ac is the longitudinal stress in the central cell wall and A, the cell cross sec- 
tional area per unit of bag surface area. In all other cells the s t ress  will be equal to 

It should be noted that the same unit force ocAc acting on the bag acts also on 
the payload, whose surface area is only %/R times the bag area. Hence the cross- 
sectional area-of the cell must be maintained constant and equal to A at all radial 
positions. Substituting eq. 9 in 8 yields, C 

wT Ag - - F 
2 2  - T R  u C  
3 

2 2  
3 

A =  
C - V R  uC 
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Hence the total cell area is 
6 WTA 2 

A = 4 n R  Ac = a 
C 

cT 

which is constant for any radial position between the radii R and R . The total cell 
weight is therefore: P 

6W A ( R - R )  
- T g  P 

wc - (a C/PW' 

The gas weight is given by the following: 

-6 3 3 
= 1 . 9 6 4 ~  10 p(R - R p  ) wG 

based on a temperature of 460 OR. 

The weight of the spherical gas storage bottle is expressible simply in terms of 

G the gas weight, Th' 

18 WG RGTGf 

( U / P J  
h p f =  

2 - 
wB - 4nR13 B w (15) 

where R g  = radius of bottle, hg = wall thickness of bottle, (cr/pw) = tensile stress/  
density of bottle material, f = design factor, RG = gas constant, TG = absolute tem- 
perature of the gas. Using a CJ/* = 2.0 x 106 in., representative of present filament 
wound pressure vessels, a safety factor, f = 3.0, an 18 percent allowance for hard- 
ware, and assuming Helium gas at  a storage temperature of 460" R, eq. 15 becomes 

WB = 5.64 WG 

The total weight of the landing system is 

W = 1.15 (Ws+ Wc) + W G + W ~  

The payload weight is 

wp = w T - w  
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An informative ratio is 

3 
2 

' 

-1 - = -  wP wT 

wP W 

W 0.60 
CI 
7, 0.50 '' 0.40 ' 0.30 

*c;l 

The overall measure of performance is the specific energy, K 
e' 

2 
1 wT vR K = - - -  

e 2 g  W (2  0) 

Values of R, p, Ws, Wc, WG, WB, W, WT/Wp, and K were computed for all e 80 cases. 

4.5.6.1.7 Parametric Study Results 

, W, plotted against the system 

Wtotal 
The ccmputed values for the system weight 

6 resultant impact velocity, V 
shown in figs. 4.5.6-2 through 4.5.6-4 inclusive. 

with parameters y = (J c/&, = 1.0, x 10 in. are R' 

10 102 

IMPACT VELOCITY, FT/SEC 
vR' 

Figure 4.5.6-2. Attenuator Wt /Total Wt vs Impact Velocity for 
= 1000 lbs, g = 1000 for W 

total 
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I 

Figure 4.5.6-3. Attenuator Wt/Total Wt vs Impact Velocity for Wtotd = 600 lbs, g =  1000 
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Figure 4.5.6-4. Attenuator Wt/Total Wt vs Impact Velocity for Wtotal = 300 lbs, g= 1000 
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The general trend is that, for a low deceleration level, the efficiency is almost 
constant with the total weight, WT; for a high value of Ag, the efficiency drops signif- 
icantly with increasing WT. The trend at a given value of WT with increasing values 
of Ag is much more pronounced than the former, with the deleterious effect being 
greater at the higher values of WT. 

4 . 5 . 6 . 2  Sphero-Toroid 

. This configuration is an original Company-evolved approach to an integrated solu- 
tion to the problems of long stroke (low deceleration), pneumatic bag attachment to 
the payload, post-landing orientation and access, and stowability within the entry vehicle. 
It is felt that it offers a realistic balanced solution to these conflicting requirements, 
while retaining near-minimum weight and simplicity of construction. It is being de- 
veloped independently of the Hard Lander Study as a company sponsored effort and is 
presented in this report because of its potential application. The tm7o concepts described 
in this section are based on approximate analyses which must be refined to better de- 
fine performance and weights. It is planned to pursue this development including test- 
ing of models and to report on this progress in the final issue of this report. 

As  noted above, the sphero-toroid offers an integrated design solution that meets 
all of the conflicting requirements of low deceleration, attachment to the payload, in- 
stallation and access in the aeroshell, and post-landing orientation and access. This 
concept was evolved in consideration of all of the configurations developed in several 
years of system design. To reiterate, this concept offers the following structural 
and system advantages: 

1. 

2.  

3 .  

4. 

5. 

6 .  
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Simplicity of construction as compared to pneumatic systems employing 
internal cords, webs, and other attachments to the bag surface and the 
payload. 

Greatly reduced deceleration loading as compared to crushable systems. 

Simplicity of structural and electrical attachments (without penetrating 
the basic bag or attenuating structure) within the aeroshell and during 
descent. 

Inherent simplicity of post-landing orientation by deflating the spherical 
bags leading to a torus configuration stable in one of two positions. 

Ease of obtaining access to the planetary environment by opening one or  
both of the circular doors to erect and deploy sensors and experiments. 

Light weight because of the natural load paths in the torus and sphere walls 
which minimize need for internal webs and other attachments, and dis- 
tributed attachments to the payload which make use of the basic bag surface, 
as well as reduced structure weight in the payload container. 
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4.5 e 6.2.1 Conceptual Design for Point Design 2B 

The sphero-toroid configuration, as the name indicates, is a simple combination 
of a torus and two spherical bags (see fig. 4.5.6-5) located over the hole of the 
"doughnutft. This leads to an essentially spherical overall configuration which should 
have characteristics similar to that of a spherical bag of the same volume. For the 
purpose of this conceptual design, the torus and spheres are assumed interconnected 
to permit easy passage of gas. The size was based on a spherical bag analysis, in 
order to obtain rapid although preliminary results. The following assumptions were 
used. 

1. Sphero-toroid with same volume and pressure as a sphere has same char- 
acteristics as the sphere. 

2. A safety factor of 2.0 on the fabric (dacron) . 
3.  Soil strength 6.0 psi to use 6.0 psi for maximum pressure 

4. Impact velocity 210 ft/sec (based on study conditions), 

5. Maximum G = 1000 g 

6. Use  695 lbs (Point Design 2B) landed weight. 

A payload cylinder 30 inches in diameter and 18 in. long, as shown in fig. 4.5.6-5, 
was assumed in order to have a Configuration compatible with the spherotoroid landing 
system. A kinetic energy analysis yields a 16.8 f t  diameter spherical configuration 
which has the same volume as the sphero-toroid of fig. 4.5.6-1. The sphero-toroid 
landing system weighs 264 lbs plus 66 lbs for the storage tank as indicated in table 
4.5.6-1 which also summarizes the weights of the Hard Lander Study Point Design 2B. 
The Lander container structure weight for the sphero-toroid is reduced because of 
the reduced g-level and more efficient structural load paths. 

A potential payload and equipment increase of 37 lbs is indicated as well as a max- 
imum deceleration level of approximately 250 g's (based on the spherical analogy), 

I /- 
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t 222 DIA 

104 

Figure 4.5.6-5. Sphero-toroid Pneumatic Landing System for Point Design 2B 

TABLE 4.5.6-1. WEIGHT SUMMARY 

Configuration 

Landed Science and 
Equipment Payload 

Deployment Mechanisms 

Lander Container Structure 

Landing System 

Landed Weight 

Helium Tank 

Decelerator Load 

, Point Design 2B 
(omni$iixtional) 

228 

20 

160 

522 

930 

--- 

9 30 

Sphero-toroid 
(omni-eSe c tional) 

265 

8 20 

80 

8 helium 
256 bags 

2 64 

629 

66 

695 
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4 . 5 . 6 . 2 . 2  Conceptual Design for Point Design 7 

A preliminary analysis was made for the Point Design 7 Lander using the 
following impact conditions: 

Landed weight 600 lb 

Vertical velocity 100 ft/sec 

Horizontal wind 118 ft/sec 

Maximum slope 20 O 

The above landing conditions result in a maximum normal impact velocity of 
134 ft/sec on a 20 O slope. A spherical pneumatic bag of 8 ft diameter was 
arbitrarily selected to yield a maximum impact loading of about 250 g's. 

Using this sphere as an analogy for a sphero-toroid having the same volume and 
initial pressure, the configuration of fig. 4.5.6-6 results. This system was stressed 
using the following. 

2 
50 lb/in/oz/yd for dacron fabric 
Factor of 2 on fabric strength 
Factor of 1.10 for seam allowance 

Sealer weight = 150 percent of fabric weight 

b-105 DIA 4 

I I -- 

Figure 4.5.6-6. Sphere-toroid Pneumatic Landing System for Point Design 7 
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The analysis yielded a weight of 170 lbs for the torus and 12.5 lbs for each sphere. 
In addition, 3.0 lbs of helium and a 24.5 lbs tank are required. Comparing this design 
on a system basis with the Point Design 7 using a crushable attenuator, the following table 
of weights results. 

Item 

Payload, etc. 

Deployment 

Structure 

Landing System 

Landed Weight 

Helium Tank 

Decelerator Weight 

Crushable 
Attenuator (lbs) 

302 

20 

180 

233 

735 

--- 

735 

Pneumatic (lbs) 

302 

20 

80 

198 

600 

24.5 

624.5 

170 torus 
25 spheres 

3 helium 

The apparent net weight saving is due entirely to the structure which is estimated 
to be 100 lbs lighter because of the greatly reduced 'g' level (250/1000) and the design 
for distributed tension attachments to the bag rather than the  t'point" compression 
loading imposed on the structure of the crushable design. 

This indicates that 198 lbs is the weight of a landing system to do the same job as 
the 233 lbs crushable approach. However, to this must be added the weight of a 24.5 
lbs tank that must be carried through entry but can be jettisoned before landing. 

4.5.6.2.3 Conclusions 

On the basis of the limited analysis completed at this  time, the following results 
are evident: 

1. A pneumatic system is at least weight competitive with a crushable system in 
the regime of interest on the Hard Lander Study, and may save over a 100 lbs. 

2. An increase in bag size results in a lower weights, although this effect is lim- 
ited by practical limits of fabric construction. 

3. Further optimization of fabric and sealer may also result in significant savings 
in weight. 
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4. The pneumatic system results in realistic designs, including fabric thickness, 
in the 'g' range of 200 - 500 g. 

5. The Lander internal structure will be much lighter and cheaper to fabricate. 

6. Development costs of the pneumatic bag may be less than for crushable atten- 
uator since bags are essentially state-of-the-art. 

7. The pneumatic bag is inherently conducive to efficient packaging and will re- 
sult in a more forward c, g. location for the entry vehicle and other attendant 
advantages. 
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5. P R E - E N T R Y  S U B S Y S T E M S  

5.1 DEORBIT PROPULSION 

A parametric study for estimating the weight of propulsion subsystems to deorbit 
a Mars  Hard Lander Vehicle has been conducted, This study includes solid propellant, 
liquid monopropellant, and liquid bipropellant propulsion subsystems, and provides the 
basis for satisfying the program requirements and synthesizing subsystem point de- 
signs. 

5.1.1 REQUIREMENTS 

The requirements for this study were to develop propulsion subsystem parametric 
design data for fixed impulse motors (with thrust termination capability) for a given 
range of velocity increments and vehicle masses. All  propulsion subsystems considered 
a re  sterilizable and all curves were generated using programs written for use on GE's 
6 0 5 Desk-Side Computer Sys tem. 

The range of input variables for this study were: 

1. Velocity increments: 

a. Solids: 50 to 1200 feet per  second (15 to 366 meters per second) 

b. Liquids: 50 to 400 meters per second in 50 mps increments 

2. Weight to be deorbited: 600 to 2000 pounds including propulsion subsystem 
weight , 

5.1.2 SOLID PROPELLANT SYSTEMS 

The solid propellant motor parametric data presented in fig. 5.1.2-1 of this 
report was obtained using empirical equations derived by the Aerospace Corporation 
and subsequently programmed on GE's 605 Desk-Side Computer System. These 
equations are based on solid propellant motor histories and the resulting curves pre- 
sented herein a re  estimated to be within plus or minus 5 percent of actual design values. 

The data is plotted in a series of five curves, all interrelated, and enabling the 
determination of propulsion system propellant weights and total weights knowing only the 
velocity increment required to deorbit a certain weight vehicle. The curves are plotted 
presenting a choice of propellants and ranges of expansion ratios, accelerations, thrusts, 
chamber pressures, and nozzle exit diameters. 

The two propellants shown a re  UTC's UTREZ, a proven sterilizable propellant, 
and Aerojet's ANB 3289-2, an untried but very promising propellant, based on slab 
testing. UTREZ is a non-aluminized propellant (it can be aluminized if desired, but it 
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Figure 5.1.2-1. Total Motor Impulse vs Total Weight in Orbit 
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is unproven with aluminum) and ANB 3289-2 is aluminized, providing the basis of 
trade-offs for such criteria as performance versus possible contamination of vehicle 
sensors,, Pertinent facts on both propellants, as well a s  assumptions used in generating 
the solid data a re  listed in table 5.1 .2  -1. 

A solid propellant system design is synthesized by determining the propellant, 
expansion ratio, thrust or acceleration, and desired chamber pressures from the 
parametric curves. The point design is then conducted based on the steps and 
equations in Aerojet Report 2470-01F, '*Space Vehicle Solid Rocket Analysis and 
Correlation Study", performed under contract NAS 7-519. 

TABLE 5.1.2-1. SOLID PROPELLANT ASSUMPTIONS 

Propellants 

Composition 

Density 

Isp (1000/ 14.7 ; 
optimum expansion) 

Case Material 

Density 

Case Configuration 

Volume Loading Efficiency 

Factor of Safety on Pc  

Nozzle 

Aerojet's ANB 3289-2 

15% A1 , 85% Solid 

0.063 lb/in 3 

243.0 

UTC's UTREZ 

0% A1 ,7 5% Solid 

0.056 lb/in 3 

207.0 

6 Alr4V Titanium 

0.16 lb/in 3 

Spherical 

90% 

1.5  

Fixed, contoured, ablative, 
partially submerged, no TVC 

5.1.3 LIQUID PROPELLANT SYSTEMS 

The liquid propellant parametric data generated during this study is presented in 
figs. 5.1.3-1 and 5.1.3-2 for monopropellant systems and figs. 5.1.3-3 and 5.1.3-4 
for bipropellant systems. The data was obtained from existing computer programs. 
An example of the monopropellant system analysis is shown in table 5.1.3-1 
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Figure 5.1.3-1. Total Motor Impulse vs. Total Weight 
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Figure 5.1.3-3. Total Mission System Weight vs. Propellant Weight 
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TABLE 5.1.3-1. EXAMPLE MONO PROPELLANT SYSTEM 
CALCULATIONS 

1. 

2. 

3. 

4. 

5. 

6. 

7 .  

8. 

Given: Tot. Wt. to be deorbited = 1400 lb 
Required AV = 500 ft/sec 
Max. acceleration = 3.0 g's 
Max. nozzle exit dia. = 10.0 inches 

From @ find total impulse (IT) = 21,250 lbf-sec 

At  IT = 21,250 lb-sec & g m a x =  3 g. from @ 
findtb = 5 sec. 
.*. Thrust (F) = 21250/5 = 4250 lbf & 

g max= 2.2 g 

Assume Pc = 1000 psi, .'. From @ F = 30 @ DE = 10 

Assume ANB-3289-2 propellant. From @I 
wt prop E = 30 & I1 = 21,250 = 76 lbm 

From E = 30 &wtprop  = 76 
Total propul syst. wt. = 89 lbrn 

Adjust syst wt for Lb 
wt = 89 + (89) (+.022) = 89 f 2 = 91 lbm 

Mass fraction = 76/91 = ,835 

syst 

SUMMARY: 

a) 
b) Required A V  
c) Motor total impulse 
d) Total propellant weight 
e) Total propulsion syst. weight 
f) Motor mass fraction 
g) Nozzle expansion ratio 
h) Nozzle exit diameter 
i) Motor chamber pressure 
j) Motor thrust 
k) Max. acceleration 
1) Motor burn time 
m) Total weight at burn out 

Total weight in Mars orbit = 1400 lbm 
= 500 ft/sec 
= 21,250 lbf-sec 
= 76 lbm 
= 91 lbm 
= .835 
= 30:l 
= 10.0 inches 
= 1000 psi 
= 4250 Ibf 

= 5 sec 
= 1400-76 = 1324 lbm 

= 2.2 g's 
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The data shown for bipropellant systems is based on terminal heat sterilization, 
and, therefore, is considerably heavier than for a comparable system aseptically 
loaded. However, if an aseptically 'loaded bipropellant system is required, its 
data is essentially the same as  that presented for the monopropellant systems. 

The parametric studies were conducted based on an assumed subsystem configura- 
tion shown in fig. 5.1.3-5. The components are divided into fixed hardware (all hard- 
ware that is thrust and, therefore, essentially flow rate dependent) and variable hardware 
(all hardware that is total impulse dependent). Examples of fixed hardware a re  lines, 
brackets, regulators, valves, thrust chamber assemblies and filters. Examples of 
variable hardware include pressurant and propellant tanks and a portion of the intra- 
propulsion subsystem support structure. While not hardware per se, pressurant gas 
and residual propellants are propellant quantity (total impulse) dependent and constitute 
part of the subsystem burnout weight, thus they a re  included in the overall definition of 
variable Ifhardware. '' 

With a schematic/configuration selected, weights a re  assigned to each of the 
fixed weight components. Where possible, weights of actual hardware a re  used. If 
these data are unavailable, a scaling factor, based on actual hardware and the antici- 
pated thrust level (flow rate), is applied to arrive at the component weight. The weight 
of the items comprising variable hardware a r e  calculated using existing computer 
routines and the input data shown in tables 5.1.3-2,  5 .1 .3-3,  and 5.1.3-4.  

5 .1 .4  CONCLUSIONS 

Conclusions that can be drawn from these preliminary studies are: 

1. Aerojet's ANB 3289-2 is a much higher performing propellant than UTC's 
UTREZ, and from preliminary data furnished by Aerojet, is much more 
capable of surviving the sterilization cycles than UTREZ. It has never been 
cast in a motor while UTREZ has and has been successfully fired. On the 
basis of performance potential, ANB 3289-2 is the recommended propellant. 

2. For propulsion requirements up to and including a payload of 10,000 pounds, 
a velocity of 300 meters per  second, and a propulsion system which must be 
loaded and then heat sterilized, monopropellant systems offer a weight 
advantage over bipropellant in addition to inherent reliability advantages. 

3. Within current state-of-the-art , there is no monopropellant thrust chamber 
with a thrust greater than approximately 300 pounds. 

4. There a re  several areas within the bipropellant system that require additional 
study for me eting heat sterilization requirements. These include required 
safety factors, maximum pressures, and different designs for fuel and oxidiz- 
er tanks. Refinement in these areas will lead to reductions in system weight 
and therefore extend the range of usefulness. 
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TABLE 5.1.3-2. PROPELLANT DATA 

Fuel 

Oxidizer 

Mixture Ratio (O/F) 

3 
Density fuel (Ib/ft ) 

3 
Oxidizer (Ib/ft ) 

Ullage Volume 

Monopropellant 

Hydrazine 

56.16 @ 275°F 

--- 

5% @275"F 

Bipropellant 

Aerozine 50 
(50% hydrazine - 
50% UDMH) 

Nitrogen Tetroxide 

1.6:l 

56.7 @ 100°F 

88.2 @lOO°F 

35% @275"F 

TABLE 5.1.3-3. VARIABLE HARDWARE DESIGN DATA 

Propellant Tank 

Material 
Ult. Strength, psi 
Max. Tank Pressure, psi 
Number tanks 
Min. Wall Thickness 
Safety Factor on Ultimate 
Weight Factor % (added 

to membrane for 
bosses, welds, etc.) 

Pressurant & Pressurant Tank 

Material 
Ult. Strength, psi 
Operating pressure, psi  
Max. Pressure, psi 
Safety Factor 
Minimum Pressure, psi 
Polytropic Process constant 
Allowable Leakage 
C omm e s s ibil itv Factor 

Monopropellant 

6A1-4V Titanium Al. 
136,000 @ 275" F 
300 @ 275°F 
2 
0.02 
1.75-1.8 @ 275" F 
30 

6A1-4V Titanium Al. 
136,000 @ 275' F 
3600 
5300 @ 275" F 
1.75 = 1.8 @ 2750 F 
400 
1.25 
15% 
9.028% 

Bipropellant 

6A1-4V Titanium Allo: 
136,000 @ 275°F 
1200 @ 275°F 
2 
0.02 
2.0 @ 275°F 
30 

6A1-4V Titanium A110 
136,000 @ 275°F 
3600 
5300 @ 275°F 
1.75 = 1.8 @ 275°F 
400 
1.25 
15% 
9.028% 
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TABLE 5.1.3-4. MISCELLANEOUS DESIGN DATA 

Residual Propellants 

Propulsion Structure* 

Thrust Chamber Assembly** 
& Fluid controls weight 

~ ~ 

3.06% of usable (based on TRW Task C data) 

15% of Propulsion system burnout weight 

Thrust Weight (Fixed Hardware) 
100 28.2 
3 00 53.9 
2200 222.2 
3500 352.6 
8 000 437.4 

*Propulsion module only - not entire load carrying members. 
**These a re  "actual" for bipropellant systems. For purpose of this study, 

there was assumed to be a 1:l correspondence for monopropellant systems. 
Subsequent studies will refine these assumptions. 

In comparing liquid and solid heat sterilizable propulsion systems, the following 
general conclusion can be reached; solids offer a weight advantage over either mono- 
propellant or bipropellant systems. However, the conclusions noted earlier apply and 
the considerations of mission operation suggested by such things as flexibility, 
restartability, thrust termination, and reliability must also be evaluated. 
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5.2 ATTITUDE CONTROL 

5.2.1 SCOPE OF’ PARAMETRIC DESIGN 

There are three broad requirements for the Capsule Attitude Control Subsystem 
(ACS), First, control of Chpsule attitude is required during firing of the propulsion 
system to accomplish deflection from the approach trajectory or  deorbit from the 
planetary orbit. Second, control of Capsule attitude is required at the beginning of 
entry into the atmosphere to satisfy entry angle of attack requirements. Finally, 
attitude control of entry roll rates a re  required to reduce lateral accelerations and 
to insure stability. 

To meet these requirements, both an active, three-axis attitude control and a 
spin/de-spin control system have been examined, The three-axis control can readily 
accomplish all these requirements for Capsule control. Parametric data is described 
in the following section for systems using either cold gas nitrogen or hot gas hydrazine 
monopropellant control thrusters. The spin control can meet the first and second re- 
quirements. However, it can not perform the third function since entry roll torques, 
generated by built-in and ablation-induced asymmetries, may cause excessive spin rates. 
The system studied, therefore, combines a spin control, used during propulsion firing 
and pre-entry phases, and an active roll axis control used during entry. 

The following three sections present parametric design data for these two 
attitude control concepts. 

5.2.2 PARAMETRIC DATA FOR THREE-AXIS CONTROL 

The three-axis ACS performs these functions in the sequence listed. 

1. Separation. Removes initial angular rates and establishes an attitude 
reference at Capsule separation from the Spacecraft. 

2, Maneuver. Maneuvers the Capsule to the orientation desired for propulsion 
firing. 

3. Autopilot. Controls the attitude during propulsion firing. 

4. Limit Cycle. Maneuvers to the entry (or other) orientation and maintains 
this attitude by a limit cycle mode of operation until entry. 

5. Entry. Controls the roll rate during entry. 

The weight of the three-axis ACS is dependent on the Capsule inass and inertia 
characteristics as  well a s  on the performance requirements. This weight is shown 
in the following parametric plots a s  the variation in the thruster fuel (hydrazine or  
nitrogen) and associated tankage weight with the most important parameters for each 
of the five listed functions. All tank weights include allowances for bosses and mount- 
ing lugs and brackets. 
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The remainder of the ACS weight (sensors, electronics and the rest  of the thruster 
hardware) does not vary appreciably over a large range of Capsule sizes. This fixed 
weight is discussed in Section 5.2.4, where the overall subsystem configuration is pre- 
sented. 

5.2.2.1 Separation 

The weight of fuel and tankage of a three-axis ACS required to stabilize a Capsule 
following separation from the Spacecraft with residual body angular rates is plotted in 
fig. 5.2.2-1. The weights are computed for a nitrogen reaction control system. The 
weight is smaller by a factor of 5.7 for hydrazine. In eiiher case, the separation phase 
requires relatively little control fuel weight. 

5.2.2.2 Maneuver 

Even less control weight is required to  accomplish large reorientations of the 
Capsule in reasonable times. For example, if a maneuver rate of 0.2 degree per 
second is assumed, reorientation to any direction can be accomplished in less than 30 
minutes. The fuel and tankage weight required to do this, and to return the Capsule to 
its original direction, is typically less than 0.1 pound. 

.8- 
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Figure 5.2.2-1. Separation Requirements; Fuel and Tank Weight of a Three- 
Axis Control System 
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5.2 .2 .3  Autopilot 

A major requirement for three-axis control system weight is autopilot control 
during propulsive deflection from the approach trajectory for direct entry or  deorbit 
from planetary orbit for the out-of-orbit entry. Fig. 5.2.2-2 presents the weight of 
fuel and tankage required to oppose the disturbing torque set-up because the propulsion 
thrust axis is offset from the Capsule center of mass. Since, as the curve shows, the 
weight is a direct function of the velocity increment (AV), the fuel and tank weight for 
direct entry is typically much lower than that for out-of-orbit entry. The significant 
weight advantage of hydrazine over nitrogen is due to its higher specific impulse and 
lower tank weight. 

5.2 .2 .4  Limit Cycle 

After propulsion firing, the ACS will maintain a fixed attitude until entry. If dis- 
turbing torques a re  low, the ACS will be in a limit cycle mode during this period and 
significant fuel weight will be required for high control torques and long duration of 
operation. The fuel and tankage weight is plotted in fig. 5.2.2-3 for direct entry. 
Since the duration of this phase for out-of-orbit entry is much shorter, the correspond- 
ing weight for the out-of-orbit mission is more than an order of magnitude less than 
those shown in fig. 5.2.2-3. 

However, another difference between out-of-orbit and direct entry is that a larger 
control torque is required for out-of-orbit if a higher thrust level is used by the propul- 
sion system in producing the larger velocity increment required. As  shown in fig. 
5.2.2-3, this sharply increases the fuel and tank weight required and, therefore, may 
offset the effect of the shorter time duration. 

The weight advantage of hydrazine over nitrogen is not due to its higher specific 
impulse since, in the pulse mode required for limit cycle operation, the high specific 
of hydrazine is reduced to a value of roughly 100 seconds. However, the torque level 
is also reduced in the pulse mode, and this is the major factor in reducing both the limit 
cycle rate and the rate of fuel usage. The reduction in torque is assumed to be a factor 
of 3 for the data plotted in fig. 5.2.2-3. 

5 .2 .2 .5  Entry 

The Capsule will tend to spin up during entry under the action of aerodynamic 
torques about the roll axis. This torque is a function of the Capsule base diameter as  
shown in figs. 5.2.2-4 and 5.2.2-5 for the out-of-orbit and the direct entry cases. The 
maximum spin-up rate must be constrained to prevent a possible divergence of the 
Capsule angle of attack at low dynamic pressures. The roll rate limit to assure Capsule 
stability during entry is shown in fig. 5.2.2-6.  

It is necessary to provide sufficient roll control torque and impulse to prevent 
Capsule roll rate from approaching this limit. Note, however, that it is not necessary to 
provide roll control torque greater than the peak disturbance torque since there is no 
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requirement for roll attitude control in a non-lifting vehicle and the peak torque occurs 
for a very short period. 

The weight of control fuel and tankage is also shown on figs. 5.2.2-4 and 5.2.2-5 
for both nitrogen and hydrazine systems. 

5.2,3 PARAMETRIC DATA FOR SPIN CONTROL 

The spin control performs these two functions: 

1. Spin. The Capsule is spun up to a high angular rate immediately after 
separation from the Spacecraft. This spin rate provides gyroscopic stability 
during firing of the propulsion engine for deorbit. The Capsule is de-spun 
to a low rate after propulsion firing. This low rate maintains the inertial 
attitude until the beginning of entry. 

2. Entry. The roll rate is held below a maximum limit during entry. This 
function is identical to that for the three-axis ACS and is discussed in the 
previous section. 

5.2.3.1 Spin 

The magnitude of spin rate required is a function of the propulsion thrust level, 
Capsule mass characteristics and AV orientation accuracy required. A parametric set 
of data has been computed using a six-degree-of-freedom computer program to simulate 
the capsule motion histories. The primary source of AV orientation error  is the torque 
resulting from the thrust not passing through the vehicle center of mass. Secondary 
sources such as  products of inertia, unequal pitch and yaw moments of inertia a re  con- 
sidered only in detail analysis and in fact these studies are used in reverse to determine 
manufacturing tolerances based on orientation error  requirements . 

Figure 5.2,3-1 is a nomograph of the results of the computer simulations for 
AV orientation errors. The curves a re  valid provided that the thrust acts long enough 
to allow averaging over several cycles of motion. For short burn times the errors can 
be either larger or  smaller depending on the phase of the motion at thrust termination. 
An approximation for the minimum burn time is: 

(>)(E) +? 
$urn > loo 

and is of the order 5 or 10 seconds. 

5.2.4 SUBSYSTEM CONFIGURATIONS 

The two reaction control systems investigated during this study a re  the cold gas 
regulated nitrogen system and the hydrazine monopropellant non-regulated (blow-down) 
system shown in fig. 5.2.4-1. There is a minor difference in the fixed hardware weight 
of these systems. The major difference is the weight of the fuel and tankage as  discussed 
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earlier. Both systems seal off the fuel until Capsule separation from the Spacecraft. 
The squib valve is then fired, which enables the control system. 

A block diagram of the three-axis ACS is shown in fig. 5.2.4-2. It can be used, 
of course, with either reaction control method. The pitch and yaw torques are  
generated by single thrusters rather than as couples since forward pointing thrusters 
a re  not possible. The possible velocity problem with this arrangement is discussed in 
a later section. 

System operation of the three-axis control is as follows, The gyros are  caged 
before separation from the Spacecraft, Immediately prior to separation, the gyros 
are switched to their position mode. This establishes an inertial reference identical 
to the S/C reference. Sufficient control torque is provided so that the reference is 
not lost during separation because of limited gyro gimbal freedom. The Capsule 
maintains its attitude within a f 0.25 degree deadband about each axis. Maneuvers 
are performed by torquing the gyros at a preset rate of 0.2 deg/sec. This is done 
one axis at a time. Following AV thrusting the Capsule is maneuvered to the proper 
attitude for entry. A f 3-degree deadband is assumed for the remainder of the mission 
to reduce fuel consumption and the number of required thruster valve operations. During 
entry the ACS is placed in its rate damping mode. 
out entry. 

The ACS maintains this mode through- 

A block diagram of the spin control subsystem is shown in fig. 5.2.4-3. This system 
provides control about only one axis of the Capsule and is, therefore, simpler than the 
three-axis ACS. However, it is not as simple as a basic spin de-spin system because it 
also provides roll control during entry to prevent aerodynamic torques about the roll axis 
from spinning the Capsule at an excessive rate. 

Providing roll control is more than a matter of providing additional impulse in the 
reaction system. It results in a different system configuration. Without roll control 
the ACS would consist of two separate blow-down systems, one for spin, one for de-spin. 
With roll control it is necessary to provide roll rate control. This requires a roll rate 
gyro, simple electronics, a pressure regulator, and additional valves. Once this function 
is provided, it is best to use it for all functions of the mission: spin, de-spin, and roll 
control during entry. For these reasons the attitude control system has been designed to 
also provide roll control during entry. The weight penalty for providing the capability of 
roll rate control is 4 to 7 pounds, excluding additional gas and tanks, over a basic spin/de- 
spin system. 

5.2.5 SELECTION OF ATTITUDE CONTROL SUBSYSTEM 

In selecting an attitude control subsystem for the point designs, three-axis 
stabilization was compared to spin stabilization, using in both cases, nitrogen or 
hydrazine reaction control thrusters. Criteria of weight, reliability, performance 
capability, and ability to do other functions were used in this comparison. These criteria 
a re  listed in table 5.2.5-1. The most important of which a re  reliability and the ability to 
perform an adequate mission. 
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A spin control subsystem employing hydrazine thrusters has been selected for 
all the point designs. This subsystem has higher reliability and lower weight than the 
three-axis subsystem because it controls about only one axis and uses fewer, less coni- 
plex components. It also holds the pointing direction during deflection or deorbit to an 
accuracy (0.7 degree, one-sigma) sufficient to hold the entry dispersion to reasonable 
limits. The three-axis subsystem can achieve a better accuracy (0.5 degree, one-signia): 
however, this improvement is not felt sufficient, in terms of the mission requirements, 
to justify the additional weight and complexity. 

The following sections describe, in more detail, the comparison between these two 
types of control subsystems. The four criteria listed in table 5.2.5-1 a re  used as an 
outline, 

5.2.5.1 Weight Comparison 

Several of the point designs were used as a basis for a weight comparison, The 
subsystem weight of each type of control, using the two types of reaction thrusters, 
were computed for each point design. The results, as shown in fig. 5.2.5-1, demon- 
strate that a spin subsystem is :.igh:er sy at least 15 pounds than an active three-axis 
subsystem, and that hydrazine control is lighter by at least 20 pounds than nitrogen 
control. 

The four vertical lines plotted in fig. 5.2.5-1 represent the fixed hardware weight. 
An itemized list is shown in table 5.2.5-2. Comparison of the vertical lines with the 
plotted subsystem weights shows that the weight difference between the two hydrazine 
subsystems is due chiefly to the difference in fixed hardware weight, and that the 
weight difference between the two nitrogen subsystems is due to the variable weight 
of nitrogen and tankage. 

TABLE 5.2.5-1. CRITERIA FOR CONTROL SUBSYSTEM SELECTION 

1, Weight 

2. Reliability 

3. Performance 

0 Pointing Accuracy 

0 

e LLV Accuracy 

Initial Entry Angle of Attack 

4. Other Functions 

0 Stability Augmentation 

0 Integration With Propulsion System 
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TABLE 5.2.5-2. FIXED HARDWARE WEIGHT 

Component 

Fill Valve 

Squib Valve 

Filter 

Press. Regulator 

Press. Sensor 

Temp. Sensor 

Solenoid Valves 

Nozzles 

Thrusters 

Valves 

Tubing, Fittings 

Rate Gyro 

Gyro Assembly 

Spin Electronics 

Electronic A s  sem. 

Total 

Unit 
wt. 

.25 

.5 

e 25 

2.0 

.5 

.25 

.5 

.4 

.25 

.3 

1.0 

11.1 

2.4 

6.1 

lbs 

GN2 

SDin 

N2H4 

.25 

.5 

25 

2.0 

.5 

.25 

1.0 (2) 

1.6 (4) 

--- 

--- 

1.05 

1.0 

--- 

2.4 

- -- 

10.8 7.8 

3-Axis 

GN2 

25 

.5 

.25 

2.0 

.5 

.25 

4.0 (8) 

3.2 (8) 

- -- 

--- 

.205 

- -- 

11.1 

--- 

6.1 

30.2 

N2H4 

25.4 
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5 .2 .5 .2  Reliability Comparison 

An indication of relative reliability is given by the component list of table 5.2.5.2 
and the block diagrams of figs. 5.2.4-1, 5.2.4-2, and 5.2.4-3. Due chiefly to the 
reduced number of valves, both spin subsystems have 10 fewer components than the 
three-axis subsystems. Of more importance, however, is the use of a single rate 
gyro and simple spin electronics instead of the assembly of three integrating gyros 
and gyro electronics, and the three channels of control electronics required for the 
three-axis design. 

It cannot be argued, of course, that as of today the reliability of a hydrazine con- 
trol is equivalent to that of a nitrogen control. However, it is felt that the present 
industry effort will result in reliable flight proven hydrazine thrusters and control 
subsystems prior to the design phase of this program. 

A final reliability question is the effect on the spacecraft of possible momentary 
jet impingement of the hydrazine thrusters. The products of hydrazine decomposition 
are  arnmonia, nitrogen and hydrogen. No ill effects a re  known of these products for 
the possible impingement the spacecraft may endure during the initial attitude control 
or  spinup of the Capsule. Similar products of combustion, plus water, were present 
on the Gemini flights (with bipropellant thrusters) with no known effects on the Space- 
craft subsystems. For these reasons, it is felt that the use of hydrazine is not a 
reliability hazard, although further data should be obtained as more flights a re  made 
with this fuel. 

5.2.5.3 Performance Comparison 

The primary performance requirement is to maintain pointing errors during de- 
flection or deorbit propulsion firing so that the entry path angle and down range dis- 
persion are  within mission requirements. As discussed in Section 3.3 of Volume 11, 
a pointing error  (AV orientation) of 0.6 degree, one sigma with an 0.6  percent 
velocity error  will result in approximately 600 KM down range dispersion for the 
out-of-orbit entry mission. Although the dispersion is inherently greater for the 
direct entry mission, control of the pointing error  is required to hold path angle 
errors  to reasonable limits. 

An error  analysis of the two control subsystems was performed to compare their 
pointing accuracies. The results, summarized in table 5.2.5-3, show that the three- 
axis subsystem is slightly more accurate than the spin subsystem. However, the 
performance of the spin subsystem (nearly 0.7 degree, one sigma pointing accuracy) 
is judged adequate to achieve good control of the entry path angle and reasonable low 
down range dispersions. 
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TABLE 5.2.5-3. ERROR ANALYSIS 

No. 

1. 
2. 
3. 
4. 
5. 

6. 
7. 
8. 
9. 

10. 
11. 
12. 
13. 

Error Source 

Spacecraft 
Control Deadband 
Sensor Align. /Repeatability 
Electronic Drift Er ror  
Maneuver Error 
Gyro Drift 

Capsule 
Capsule Align. Error 
Maneuver Error  
Gyro Drift 
Nozzle Align. Error  
Tip-off Error 
Spin-up Coning Error 
AV Coning Error 
Control Deadband 

TOTAL ERROR (1 U) 

3 0  o r  Max. 
Three- Axis 

(deg) 

.458 

.150 

.050 

.300 

.200 

.154 

.250 

.250 

.51" 

7alue 
Spin 

458 
. ,150 

.050 

.200 

.154 

,300 

750 
.200 
.750 

.67" 

(Gaussian e r ro r s  are assumed except for No. 1 - uniform distribution - 
and No. 13 - a known fixed value.) 

Another performance criteria, as listed on table 5.2.5-1, is the ability to maneuver 
to and hold an inertial attitude prior to entry so that the initial angle of attack will be 
nominally zero. The three-axis subsystem can do this; the spin system cannot. The 
aerodynamic design, however, can tolerate an initial angle-of-attack of 40 degrees. 
Since the spin attitude for propulsion firing is within 40 degrees of the inertial direction 
of the entry angle, both the spin and the three-axis design can meet this requirement for 
these missions. 

A final performance criteria is the possible linear velocity generated by the 
attitude control subsystem after propulsion firing. This velocity must be considered in 
determining the overall velocity accuracy of the Capsule deflection or  deorbit. The spin 
subsystem, since its thrusters form a couple about the roll &vis, will not generate a 
linear velocity change. However, the three-axis subsystem, since it is constrained to use 
single thrusters in both the pitch and yaw axis, will produce a net velocity change during 
the limit cycle operation following propulsion firing and prior to entry, 

The magnitude of the velocity e r ro r  can be significant for the direct entry case 
even with the hydrazine thrusters selected. For example, up to a two percent error  
in the velocity increment can be caused in point design one if a three-axis control were 
used. There are several solutions to this potential problem. One solution is to reduce 
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the thrust level of the control thrusters. This requires an increase in burn time and lower 
thrust of the propulsion system, both of which appear to be feasible. 

The performance comparison of the spin and the three-axis control subsystems, 
then, indicates that both can perform an adequate lander mission. Even though the 
three-axis is slightly better in achievable pointing accuracy, the resulting improvement 
in mission performance does not appear to warrant the increased complexity and weight 
of this type of control. 

5 .2 .5 .4  Other Functions 

The three-axis subsystem can be modified to perform two additional functions 
that have been briefly considered in this study. The first of these functions is to provide 
entry stability augmentation, o r  rate damping about the pitch and yaw axis in addition to 
that about the roll axis. This would require additional fuel only. However, the present 
analysis indicates that this is not now needed, nor likely to be. 

The second additional function is that of supplying the deflection or  deorbit propulsion. 
This would require the integration of the present propulsion subsystem with the attitude 
control subsystem. Such a design is being utilized in the "Direct versus Out-of-Orbit 
Entry" study. A single source of hydrazine is used in that study to generate the velocity 
increment, provide three-axis control, and to produce the vernier thrust required for 
the soft landing. Such a design offers the advantages of simplicity with only a small 
weight penalty. However, since the Hard Lander does not need the vernier thrust, a 
brief consideration of this integrated design indicates it would be a significant weight penalty. 

5.2.6. ATTITUDE CONTROL REQUIREMENTS 

The attitude control requirements for successful completion of the mission a re  
an item to be considered in trade-off analyses. The principle requirements to be con- 
sidered are the AV orientation e r ror  and the terminal stability performance. The former 
affects the mission study trade-off, the latter the configuration trade-offs. 

Considering first the problem of attitude stability in the lower speed portion of 
the flight (Mach 8), the low speed stability is a function of roll rate and thus keeping the 
roll rate from exceeding some particular level will result in a stable vehicle for vehicle 
cone angles up to and at least slightly exceeding 60 degrees. (See Section 3.1.2,  Vol I11 
Aerodynamic Stability Criteria) Br cone angles of 70 degrees and greater, a pitch/yaw 
damping system may be required for stability in the flight regime of decreasing dynamic 
pressure. 

The dowable AV orientation errors  a re  dependent on mission design and other 
e r rors  associated with the trajectory. The problems are discussed in Vol 11 Section 3.2,  
Path Angle and Downrange Dispersions. The intent in this section is to demonstrate how 
the orientation requirements vary with the trajectory design and constraints. 
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The out-of-orbit mission design control requirements a re  based on holding the 
30 in plane dispersion to= 600 Km based on a postulated desire to land in Syrtis 
Major (diameter 700 Km). Figure 5.2.6-1 shows the approximate 3a dispersion 
versus the la error  in AV orientation assuming a la er ror  in AV magnitude of 0 .5  
percent. This figure indicates the trade-off available between system complexity/ 
reliability and mission constraints. As can be seen, there is not an absolute require- 
ment for the 0.6  degree orientation e r ror  considered in the preceding section, rather 
it is an example based on the reference out-of-orbit mission discussed in Volume 11, 

Direct entry requirements a re  based on minimum path angle considerations, since 
the dispersions a re  on the order of 2000 Km and cannot reasonably be held to the 700 Km 
value. Figure 5.2.6.2 shows the trade-off of AV attitude requirement versus nominal 
entry path angle as  a function of a lo er ror  in the impact parameter. The direct entry 
reference mission has been chosen with an entry path angle of 25 degrees and a reasonably 
conservative estimate of impact parameter uncertainty taken as  100 Km (la). This leads 
to a AV attitude requirement of 0 . 5  degree, la. As can be seen in figure 5.2.6-2 a 
smaller value of impact parameter uncertainty relaxes the attitude requirement as  does in- 
creasing the nominal path angle. For example, increasing the nominal path angle to 26 
degrees allows a relaxation in AV attitude requirement from 0 .5  degree, lo to 1.0 degree, 
la at a cost Of  ~5 percent maximum allowable ballistic coefficient (see Section 111-3.1.2). 

Tables 5.2.6- 1 and -2 are a summary of the attitude control requirements, spin 
system and three-axis performance in each of the three mission phases for the out-of-orbit 
and direct entry reference missions. The three-axis system meets all requirements, but 
the spin system is slightly over on the b V  orientation error. As  was seen in the preceding 
curves it involves a very small compromise to allow the errors  associated with the spin 
system to be used. 
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5 . 3  CANISTER/ADAPTER -- 

The biological sterilization canister and the internal adapter form the major 
structural components of the pre-entry systems. Conceptually, the design alternatives 
are: either separate structural units or a single integrated unit, in which the portion 
of the canister shell remaining with Spacecraft, (subsequent to separation of the entry 
vehicle) acts as  the adopter to support the entry vehicle prior to  deorbit sequence. Pre- 
vious studies on the MM'73 mission have shown that a separate adapter offers a minimum 
weight system and provides simplicity in design for considerations such as  thermal con- 
trol and separation. This concept of separate units is, therefore, adapted for the para- 
metric studies. Parametric data for the canister andadapterwere generated for use in 
structure, environmental control, pressure and venting system and separation systems 
parametric analyses. 

Figure 5.3-1 represents a schematic of the canister, adapter and aeroshell with 
lettered dimensional parameters. 
diameter, plots of all of the lettered dimensions of fig. 5.3-1. Knowing the specific 
canister diameter, all other relevant dimensions for the canister, adapter and aeroshell 
relating to the specific canister diameter, can be determined from these plots. 

Figure 5.3-2 presents, as a function of canister 

Figure 5.3-3 represents the canister internal vented volume as  a function of the 
canister diameter in feet. This is the gross internal volume available less the volume 
taken up by aeroshell, Lander parachute and deorbit propulsion (or entry propulsion 
systems). 

Figure 5.3-4 represents the surface areas in square feet, of the hemispherically 
shaped forward canister, conical aft canister and the canister aft closure as  a func- 
tion of the canister diameter in inches. These areas were derived using the para- 
metric dimensions shown in fig. 5.3-2. 

Figure 5.3-5 gives the hemispherical forward canister weight for'several area 
weight densities as a function of the canister diameter in inches. These weights were 
calculated using the curves of fig. 5.3-4. 

The weight of the canister and adapter structure, as a function of canister diameter, 
can be determined from fig. 5.3.1-1 for the structure alone and from fig. 5 . 3 . 1 - 2  for 
the field joint rings. 

With the heater power (in watts) known and the total surface area to be insulated 
(from fig. 5.3-4) the insulation thickness can be determined fromfig. 5.3.2-5.  

The separation system weight as a function of the canister can be determined from 
fig. 5 .3 .3 -1  and the pressure and vent system weight from fig. 5.3.2-1.  

For a fixed diameter canister the total weight of the canister can be obtained by 
adding the individual weights from the figures. 

I11 5-37 



D 

DIA 

CLAMP 
(D + 2.6)  

OVER SEPAR 

DA 

= D-6.0 

LL 

-t 

e- L A  --c 

13 .0  CONSTANT 

+-t 

= RN + 1.4 

VARIES 
A STAG. 
4 .5  TO 6 

c-- RB 

R =  . 65D 

S/C & ADAPTER 

I . 1 1 D  

4 
-ATTACHMENT 

INTERFACE 

LT A 

. 5  DA 

= D-32 

dT = .16 DA r 

-L I 

= .78 

d = .10D 

e VARIES 
FROM 
5 . 5  TO 7 . 5  

Figure 5.3 -1. Canister/Aeroshell Schematic Arrangement 

5-38 



5 . 3 . 1  STERILIZATION CANISTER 

Analyses conducted for the MM '73 Phase B study show that, if no account is  taken 
of meteoroid protection requirements for the canister design, the critical loading due 
to launch inertias can be satisfied with minimum manufacturing gage materials and that 
the critical loading for design is governed by internal shell pressure. The design is also 
critical for stiffness requirements both under static handling and dynamic loading for 
which the structural configuration must be optimized. 

5 . 3 . 1 . 1  Structural Criteria, Assumptions and Baseline 

5 . 3 . 1 . 1 . 1  Criteria 

1. Loading and Load Factors: 

a. Flight inertia and dynamic loading based on Titan 111-6 environments are:  

Including dynamic limit 
loading factor based on 

Ultimate factor 1.25 I quasisteady environment. 

Axial inertia 
Lateral inertia 

b. Ground Conditions: Inertia 2g with ultimate factor 1 . 5  

lE0 r / 

I I I I I I I I 
30 80 100 140 180 190 

CANISTER DIAMETER, IN. 

Figure 5.3-2. Canister/Aeroshell Dimensions as a Function of Canister Diameter 
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Figure 5.3-5. Hemispherical Forward Canister Weight for Various Weight Densities 
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2 
d. Internal Pressurization: (minimum differential 0 .5  lb/in. ) 

Yield pressure = 1.33 x design limit pressure 
Ultimate pressure = 1.67 x design Limit pressure 

0 d. Temperature: Sterilization temperatur 275 F constant for 2 six cycles of 24.5 h r  each at 0 .5  lb/in. 
planetary temperatures of -300°F t o  150 F. 

differential, Inter- 
0 

e. Vibration: Launch frequencies of 10-15 cps with 140 dB acoustic. 

2. Assumptions and Baseline: 

a. 

b. 

C. 

d. 

e. 

f. 

Forward canister to  be spherical in shape, with toroidal shape at the 
joint ring . 
Aft canister to be conical in  shape, also with toroidal shape at the 
joint ring. 

Canister is independent of a separate adapter. 

Geometry related to nominal diameter as shown in figs. 5.3-1 and -2. 

Minimum gauges are shown in table 3.1.2-7(a) with corresponding 
weight densities for the shells shown in table 3.1.2-7(b). 

No consideration is given to  protection against meteoroid impact. 

5 . 3 . 1 . 2  Parametric Data Requirements : Parameters and Ranges 

The objective of parametric analysis is to  obtain data to enable extrapolation 
of structural sizes, weight densities and total weights for the canister (forward and 
aft sections) structure for ranges of various design parameters. 

Parameters and Ranges: 

Canister geometry: Nominal diameter: 7 to 16 feet (Other geometry related 
to  this diameter a s  shown in  fig. 5.3-2) 

Canister internal pressure differential 
2 0 to  6 lb/in. 

Type of structural construction Monocoque 
Semi -monoc oque 
Honeycomb sandwich 

Other constructions a re  inherently heavier and hence not considered. Typical 
constructions a re  shown diagrammatically in fig. 3.1.2-102. 
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Structural Materials: 

Aluminum 
Titanium 
Steel 
Beryllium 
Magnesium 
Fiber glass 

Material properties are summarized in  table 3.1.2-6. Of these materials, 
Beryllium is unsuitable for cost and fabricability, Magnesium for corrosion and 
storage and fiberglass for porosity and stiffness considerations. 

5.3.1.3 Analysis 

5.3.1.3.1 Pressure Loading 

Consider the limiting case of a 16-foot canister with 6 lb/in. differential 
0 pressure (which occurs during launch condition at about 160 F). 

Forward Canister 

Mate ri a1 

2 allow lb/in. 

t in. 

t min. in. 

Aft Canister 

A1 

60,000 

0.0075 

0.012 

Mate ri a1 A1 

u allow lb/in. 2 60,000 

t=6 x 1.67 x 16 x 12 = 450 in. 
6 allow. 4 x 6 allow. 

Ti Steel 

120,000 200,000 

0.0038 0.0023 

0.008 0.008 

t = 6 x 1.67 x 16 x 1 2  x sec = 623 in. 
4 x Uallaw. 0 allow. 

Ti Steel 

120,000 200,000 

t in. 0.0104 0.0052 0.0031 

t min. in. 0.012 0.008 0.008 

Hence for both sections the design is based on minimum gauge for all ranges of 
diameter and internal pressure. 

5.3.1.3.2 Buckling Considerations 

During sterilization and launch phases, there is a requirement for minimum 
internal pressure of 0.5 lb/in. 2. Under launch conditions, assuming a structural 
weight density of 0.5 lb/ft2, 
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'* 25 
144 

= 0.026 lb/in. 2 The equivalent pressure loading = 

Which is overridden by the internal pressure and is not a critical loading condition. 
The same is also true for the lateral inertia case. 

5.3.1.3.3 Stiffness Requirements 

Minimum material gauges referred to above are necessary for fabricability and 
manufacturing considerations. For handling requirements, a monocoque shell wil l  
necessitate stabilization. Hence, either semi-monocoque (ring and stringer stiffened), 
corrugation stiffened or honeycomb sandwich constructions in  minimum gauges would 
be more appropriate. Voyager Phase B canister studies have shown that both the 
latter constructions provide adequate stiffness for launch vibration environment fre- 
quency response considerations. 

5.3.1.4 Structural Weights 

2 The weight densities (9 in lb/ft for the canister shells in minimum gauge design 
for various materials and constructions are shown in  table 3.1.2-7@) and fig. 3.1.2.102. 

The total canister weights can be derived as follows: 

Weight of forward canister = 1.266 D p 

Weight of aft canister = 1.125 D2p 

Weight of aft closure = 0.008 D p 

2 

2 

n 

where D is nominal diameter, feet and P is weight density, lb/ftz. 

Canister Junction Ring 

Ring loading due to juncture: 

.967 x 12 x 1.67 x PD lb/in. 
4 

For the critical case of 6 lb/in. 
inertia and dynamic loading, 

Q (Factored) = 

pressure, with a factor of 1.25 to allow for 

Maximum load 

Area required 

Ring weight 

Qmax x D - 574 x 16 x 12 = 55, - 
2 2 in ring = 

- - 5 5 9  loo = 0.919 in. 
60,000 

= T D  x 12 x 0.919 x 0.1 = 55.4 lb. 

Variation of the canister shell weight and the junction ring weight with canister 
diameter are shown in figs. 5.3.1-1 and -2. 
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5.3.1.5 Capsule Adapter 

The adapter forms the structural interface between the interplanetary/orbital 
Spacecraft/bus and the planetary entry vehicle. It must be designed to sustain and 
transfer the loading due to  the entry vehicle to the Spacecraft during mission phases 
prior to the separation of the entry vehicle in planetary orbit (out-of-orbit entry mode) 
or from interplanetary transit orbit (direct entry mode). (ref. Vol. 11, para 2.2.3.3). 
The adapter must also be designed to show stiffness and frequency characteristics, 
when subjected to the vibration shock, and acoustic environments during these mission 
phases, such that no excessive excursions, interferences and couplings ensue. 

The critical loading conditions occur during launch and powered flight phases with 
high axial and lateral inertias, as defined for the canister in para 5.3.1.1. The vibra- 
tion environments are also critical during these phases. The extremes of temperature 
environments are also as defined for the canister and occur during sterilization and 
interplanetary transit. The impulsive loading during separation is small and no dele- 
terious effects on the Spacecraft may be anticipated for an adapter stiffness designed 
for launch vibration environment. 

The adapter may be designed integral with another structural member such as the 
aft canister or deorbit thrust motor supports o r  a s  a separate component. The struc- 
tural concept may be either a stiffened shell, cylindrical or  conical, depending on the 
geometry of the interface or of truss type. The concept is determined by the method 
of attachments of the interfaces of the entry vehicle and the Spacecraft, For discrete 
point attachments at both faces, a truss design is optimum, however, for continuous 
attachment at one or both faces, the shell type concept is more suitable with appropri- 
ate stiffening circumferentially and axially, to distribute the loading. For the designs 
of the current study the latter is selected as the candidate with continuous attachment 
at the Spacecraft interface and for point attachment at the entry vehiclellander interface. 

Parametric study involves the size and weight of the entry vehicle. Data is based 
on a cylindrical axially stiffened adapter of diameter and length varied to accommodate 
different Lander Capsule configurations. The entry vehicle weight is varied from 400 
to  1600 pounds. However, even for maximum entry vehicle weight, due to  tensile load- 
ing being critical, minimum gauge design, with stiffeners at loading points and stiff rings 
at interfaces, satisfy the strength requirements. 

Aluminum alloy 7075-T6 is chosen as the structural material, because of its 
familiarity and ease of fabrication. It also has a modulus-to-density ratio almost 
the same as steel o r  titanium alloys; only beryllium alloys offer a large improvement 
on this basis, but present fabrication problems. (ref. table 3.1.2-7(a)). Structural 
weight densities are  the same as those given in table 3.1.2-7(b). 

For vibrational stiffness considerations, previous studies on MM "73 mission 
show that the shell type adapter with minimum gauge faces provides adequate structural 
stiffness for vibration environments. 
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5 . 3 . 2  ENVIRONMENTAL CONTROL 

5 . 3 . 2 . 1  Requirements and Discussions 

Thermal control of the Lander components during the transient mode from Earth 
to  Mars will be accomplished by insulating the Lander from the space environment 
and using heater power from the Spacecraft to control the Lander temperatures. The 
parametric data was  computed based on the assumption that the transit configuration 
has no prolonged periods of significant biobarrier solar illumination. It was  further 
assumed that the insulation is a multi-radiation barrier type composed of a number 
of layers of either aluminized mular or aluminum foils separated by an insulating 
material. An effective thermal conductivity of 1 x 
for this type of insulation. 

BTU/Hr-ft-OR w a s  selected 

Several variables were considered in order to  establish an optimized definitim 
of the insulation details and heater power requirements; surface emissivity proper?5es 
E = 0 . 1  to 0.8,  compa ment allowable temperatures 310°R to  540°R and canister 
surface areas to 300 f t  . !I 

During deorbit the Lander is no longer insulated from the space environment and 
the heat shield temperature wi l l  be controlled by the vehicle orientation with respect 
to  the sun. The trajectory assures that the Lander will not be occulted by the planet. 
Two solar orientations are included in  the study; solar vector parallel to vehicle axis, 
and solar vector normal to  the vehicle axis. Equilibrium heat shield temperatures were 
computed for Q s / E ~ ~  ratios between 1 .0  and 8.0 .  

5 . 3 . 3  PARAMETRIC DATA/TRADE-OFFS 

Thermal control requirements for the Lander during interplanetary travel are 
presented parametrically in fig, 5.3.  3-1 through 5.3.  3-5. For a specified payload 
temperature requirement, a trade-off results in insulation thickness and heater 
power requirements. Figures 5.3 .3-1  through 5.3.3-3 show the results of the 
heat balance for some representative payload temperatures. Although it may not 
be possible to store the Lander at low temperatures due to  battery limitations, 
fig. 5 .3 .3  -4 (Lander temp = 310°R) is included in the event that radiosotope heat 
sources a re  available to  help maintain acceptable battery environments. Data in  
these curves are  plotted for unit surface areas of the biobarrier. The total heater 
power requirements can be computed from fig. 5.3.3-5.  This data is shown for the 
practical range of insulation thicknesses and temperature specifications. 

Equilibrium temperatures of the heat shield as  a function of as/EIR is shown 
in figs. 5.3.3-6 and 5.3 .  3-7. In fig. 5.3.  3-6 the solar vector is parallel to the 
vehicle axis and incident on the concave side of the heat shield. An average heat 
shield thickness of 0.37  inch of ESM results i n  a 20°R temperature drop across 
the shield. Figure 5.3.3-7 shows the solar vector normal to the vehicle axis. 
The resulting temperature gradient is 2 R. 0 

m 

Circumferential temperature profiles of the heat shield a re  shown in figs. 
5.3.3-8 and 5.3.3-9 as a function of altitude. The shield is heated by direct solar 
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Figure 5.3.3-6.  Equilibrium Temperature of the Lander Capsule Heated Only 
by Solar Radiation 
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Figure 5.3.3-7.  Equilibrium Temperature of the  Lander Capsule Heated Only 
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radiation on surfaces 1, 2, 7 and 8, and Mars reflected solar and Mars thermal 
radiation on surfaces 3, 4 ,  5 and 6. Additional assumptions include no internal 
heating by the experiment package and cross radiation on the concave side of the 
vehicle is insignificant. Figure 5.3.  3-8 depicts the circumferential temperature 
using Q s / E 1 ~  of 4 . 0  and fig. 5.3.3-9 shows the responses for s/EIR = 8.0. 

5 . 3 . 3 . 1  Subsystem Capability 

Maintaining the payload compartment at  a specified temperature through the 
use of multiradiation barrier insulation, local electrical heaters operated by Space- 
craft power and surface coatings is feasible for a battery powered Lander. 
Achieving the ideal combination of these parameters will be highly dependent on the 
available power from the Spacecraft. Minimum insulation weight can be obtained 
by utilizing the maximum available Spacecraft power and the lowest surface emis- 
sivity attainable. 

A design which incorporates an RTG power supply complicates the method of 
thermal control. Either an active coolant circulation loop or a heat pipe design 
utilizing a space radiator must be introduced as a means of rejecting the waste 
thermal energy from the RTG. A heat pipe loop is particularly attractive from a 
weight standpoint but requires extensive development to achieve a high confidence 
level. 

5 . 3 . 4  PARAMETRIC STUDY O F  SEPARATION SUBSYSTEM 

5. 3 . 4 . 1  Introduction 

This section discusses the parametric design of the separation subsystem. 
The subsystem is used to provide structural attachment and upon remote command, 
mechanical separation of various components of the entry system, 

The study was conducted by investigating the weight variation in each component 
of the subsystem as a function of the critical parameter. In the case of attachment 
hardware, the critical parameter is the total load seen by the component. (Weight X 
acceleration, etc. ), In the case of ejection hardware, the parameters are separation 
velocity and equivalent system mass. However, in the case of the canister attachment, 
the weight varies as the pressure load (AP and diameter). Because this latter condition 
has the largest influence on the subsystem, it was used as  the independent variable for 
the purpose of summarizing the subsystem weight. 

This section is broken down into a listing of functions and requirements, general 
design descriptions and a dgscription of typical components and associated weights. 
Appendix B presents a tip-off analysis and V-band loading considerations. 

5 . 3 . 4 , 2  Summary 

This study shows that the weight of the separation subsystem is very dependent 
on the size of the sterilization canister, and the maximum A P  tolerated in the canister. 
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The use of a V-band canister attachment pretty much limits the allowable A P to 1 psid, 
with attendant constraints on the pressure and venting system (see Section 5 . 3 . 5 ) .  Fig. 
5 .3 .4 -1  shows that the subsystem weight varies from 11 pounds for an 8 foot diameter 
canister to 30 pounds for a 16 foot diameter canister, using a one psid system. The sub- 
system weight arrived at .in the six point design studies are identified to show the cor- 
relation between predicted and actual results. The V-band contributes approximately 1/2 
of the total weight in the 8 foot canister and 2/3 of the total subsystem weight in the 16 foot 
canister. Fig. 5 . 3 . 4 - 2  shows the V-band assembly weight for various AP's. 

Capsule separation is important in achieving proper orientation and landing footprint 
Major contributions are the separation velocity increment (AVc) and the tip- dispersion, 

off rates (Wc) imparted to the Capsule by the separation subsystem. Figs. 5 ,3 .4 -3  and 
-4 show the effect of varying Orbiter and Capsule mass properties on L?Vc and Wc. The 
worst case AVc, is 1.1 ft/sec, which is less than the 2 . 5  ft/sec imparted the forward 
canister. Tip-off rate correction is shown in fig. B-2 of Appendix B. Tip-off is also 
inversely proportional as Capsule's pitch/yaw inertia. 

Canister separation system design is of paramount importance in maintaining 
the sterilized status of the Capsule. The separation joint potentially presents the 
largest opening to bacteria entry. The proposed system of a V-band with redundant 
seals utilizes proven concepts in meeting a critical function, at the expense of added 
weight. 

5. 3 .4 .  3 Design Constraints, Functions and Requirements 

5 . 3 . 4 .  3 . 1  Separation Subsystem Functions 

Separation of the forward canister 

Separation of the Capsule assembly 

Separation of the thrust cone assembly 

1. 

2. 

3. 

4. Separation of the aeroshell. 

5 . 3 . 4 . 3 .  2 Separation Subsystem R-equirements 

1. 

2. 

3. 

4. 

5-60 

Provide field and separation joints for the canister 

Eject a canister at 2 .5  ~t 0 . 3  fps, canister weight between 30 and 120 pounds 

Maintain a pressure-tight joint from sterilization through exit from the 
Earth's atmosphere for a maximum internal pressure of 5 . 0  psid. Pressure- 
tight is defined as leakage which results in less than 0.002 psi drop/hr at 
70°F. 

Maintain maximum attainable pressure sealing during space cruise where 
outside temperature may be as low as -300 F 

0 
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Figure 5.3.4-1. Separation S/S Weight vs Canister Diameter (1 PSID) 
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5. 

6. 

7. 

8. 

9. 

10. 

11. 

12. 

13. 

Maintain sterility of Capsule 

Separation shall not produce debris or loose objects 

Attach a Capsule at four points. Capsule weight: 1000-2600 pounds, 
IP = 50-200 slug-ft2 

Eject Capsule at 1.5 f 0.25 fps separation velocity from Orbiter with tip- 
off rates of 0.5O/sec to the Capsule. Orbiter weight 1000-2000 pounds, 
IP = 50-200 slug-ft2 

Separation shall not cause collision with any of the remaining payload 

Attach and separate a thrust cone at 1 .0  fps minimum, Empty thrust cone 
weight is 30 to 100 pounds 

Attach and release the aeroshell 

Provide electrical separation as required 

Optimum reliability and subsystem performance is paramount to mission 
success. Use proven concepts. 

Other system constraints-electrical power, distribution, timing and signal 
lockout shall be provided by the EP&D subsystem. 

5.3.4. 3. 3 Information Required to Perform a Detail Design of the Separation S/S 

A. - General Requirements Applicable to All  Separations 

1. 

2. 

3. 

4. 

5. 

6. 

7. 

Weight, c. g. , location and moments of inertia of ejected and remaining 
vehicle. 

Loads and accelerations 

Number of electrical connections, location, separation time 

Ejected A V or separation velocity and tip-off constraints if any 

Time of separation 

Clearance between ejected body and adjacent structure for collision study 

Motion rates, accelerations, position of parent vehicle for a two second 
period prior to/and after separation. 

B. Detail Requirements 

1. Canister internal diameter 
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2. Capsule attachment bolt circle and number of attachments 

3. Thrust cone attachment bolt circle and number of attachments. 

5.3.4.4 Discussion of Peculiar Separation Problems 

5. 3.4.4.1 Canister Separation 

The selection of the separation method for the canister is governed by the re- 
quirement for a sterile, pressure tight joint for a large, flexible structure, This 
basic requirement limits the separation joint design to one that can apply a con- 
tinuous distributed force, such as flexible shaped charge, various types of MDC or 
primer cord, V-bands, closely spaced bolted joint, 'pyro fuze" joint system or a 
thermal heat pad joint system. A shaped charge or regular primer cord joint must 
be discarded because they forcibly cut material, generating unwanted debris and 
high shock, The "pyro fuze" joint and the thermal heat pad joint were investigated 
by GE-RS in 1967, and require substantial development work. Some testing was 
done on small, 2 to 6 inch sample pieces. The mild detonating fuze (MDF) type of 
joint, encapsulated either in plastic tubing or stainless bellows, appears to give a 
lighter weight system. However, there are many disadvantages: 

1. They have not been used at the temperature extremes contemplated, and 
there is question as  to the behavior of the explosive, 

2, They necessitate the use of a separate field joint, which adds weight and 
mor e sealing problems . 

3. They contain a large amount of pyrotechnic material and therefore must 
be handled as  Class 1 or 2 explosives. 

4. They require the use of additional safing components such as  S&A devices 
or bar oswitches. 

5. They generate high shocks at separation, which could affect electronic 
equipment or dislodge unsterile particles external to the canister , which 
may later contaminate the Capsule. 

6. They rely on rupturing a large number of bolts (2 inch spacing between 
bolts) which can be at different temperatures (150°F variation), thus having 
different rupture strengths and therefore causing potentially large tip-off rates. 

The V-band system was selected because of its simplicity, reliability, low separation 
shock, lack of debris, tolerance to temperature environment, elimination of field 
joint, and it presents a tortuous path for microbial access to the separation interface. 

However, for systems with large L! P and/or diameter the V-band becomes too 
thick and is not feasible. 
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5. 3.4.4.2 Capsule Separation 

The main consideration for Capsule separation and ejection was the stringent 
tip-off rate requirement. To meet this requirement, it is necessary that the im- 
pulse generated by the separation device be either very low or nearly the same at 
all points, Likewise the ejection system must have controlled force and energy, 
with low variances; and lastly, c. g. offsets, and ejection system force axes must 
be controlled. 

Separation devices that meet the above needs are ball locks, collet releases, 
and explosive nuts. The latter was chosen because of their compactness and ease 
of use and installation. Al l  of the above utilize pressure cartridges for operation, 
and for high reliability dual cartridges will  be used. This introduces the problem 
of wide impulse variance as a function of gas pressure (a function of cartridge design, 
simultaneity and number of cartridge firing), Centrally located pressure cartridges 
feeding through a common manifold are not practical on the large diameters in- 
volved here. A central, high pressure, a pneumatic collet system heavier system 
than dual squibs. A non-pyrotechnic device, similar to the hot wire tension bolt 
discussed previously will be very seriously considered, because of its obvious 
advantages, Its main draw back is that it is new and needs to be developed. 

The ejection systems are pneumatic pistons, pyrotechnic thrusters, reaction 
systems and springs. Springs were selected for their obvious simplicity, and low 
weight. For heavier payloads or high b V ,  pneumatic collet system becomes lighter 
in weight than springs. It will also perform the separation function(ref. 5-1). To 
minimize tip-off rates, the energy and force of the ejection system must be controlled. 
A guide/roller system may also be required if  rates are too high. The proposed 
solution uses preset springs in an energy package, with selective assembly, and 
gives a maximum tip-off rate of 0.3O/sec when the maximum and minimum spring 
forces are combined with the worst case c. g. offset. 

5.3.4.5 Typical Design Solution 

The preceding sections lead to a typical design solution which is generally 
common to the various size and weight Landers being considered for this study. 
The solution involves the use of a V-band with hot wires and springs for canister 
separation, explosive nuts and springs for Capsule separation, hot wires and 
springs for thrust cone separation and strap with hot wires  for aeroshell separation. 
The components used in the system are listed below. The sections that follow present 
the analyses required to design each component to meet the various payload combina- 
tions. The analyses will enable a compilation of total separation system weight as a 
function of canister diameter (see fig, 5.3.4-1). 
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The separation subsystem requires the design of the following items: 

1. V-band 

2. Hotwire bolt 
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3. Explosive nut 

4. Separ ation spring- canister 

5. Separation spring-Capsule 

6. Separation spring-thrust cone 

7. Attachment strap-aeroshell. 

Of these, the V-band contributes the greatest weight and is affected the most by 
changes in canister diameter. 

5.3,4.5.1 V-Band Assembly 

The V-band assembly consists of a flat metal strap and slippers attached to 
it by clips. Both the band and the slippers are made of aluminum alloy to match 
the thermal coefficient of the aluminum separation rings in the canister. The 
slippers weigh 0.19 pounds each, and are 5.75 inches long (66E49508Pl), using 
the Mark 1 2  referenced part. The V-band assembly weight, excluding the strap, 
is 0,41 pound/liner foot for a 10,000 pound load. The weight was arbitrarily reduced 
to 0.20 pound/linear foot for a 1000 pound load. 

The strap weight is a function of the pressure and diameter as discussed in 
Appendix B and using proof pressure as  a limiting condition, the following strap size 
size and weight data can be derived usingoAl-A1 2024T86 (69,500 psi UTS post 
+ 300°F) for a slipper contact angle of 20 . 

The strap load consists of a variable element (dependent on pressure and diam- 
eter) and a fixed element which accounts for rrOrl ring load and separation ring out of 
flatness. The tensile load on the strap analyzed as a hoop tension load is then: (See 
fig. 5. 3.4-5). 

(12 D FN) 
- - Tan 8 K3, maximum preload Ft 2 

= x 3 x AP x D + (15 K3) ultimate normal force 
FNu 

AP = canister maximum differential pressure = 1 psi 

D = canister diameter - feet 

= normal force pounds/linear inch 
FN 

0 8 = slipper contact angle = 20 

= safety factor for burst press = 1.67  
K1 
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Figure 5.3.4-5. V-band Loads vs Canis ter  Diameter 
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It is quite 
the separation 

A. F, * Weight MaX. Physical Data 
Loads A B T 

Current (1bs) 
(1bs) 

8000 0.90 1.00 3/8 6.0 0.20 

12000 1.15 1.32 7/16 9.0 0.44 

19000 1.40 1.62 1/2 12.0 0. 8 1  
I 

design safety factor = 1/25 

allowance for preload variation and uncertainty = 1.32 

evident that the allowable b P is the governing criteria in designing 
system for the canister. The above analysis assumed that the strap 

and the rings were of the same material, thus the coefficient of thermal expansion 
were nearly equal. Using a stainless steel strap causes very high strap stresses 
during sterilization and band loosening during the space voyage. These problems 
could be solved by tensioning the band after sterilization and using thermal insu- 
lation. However, at this juncture it is better to limit the canister design pressure 
to 1 psi in order to keep the strap thickness and weight relatively small. A reduc- 
tion in the contact angle achieves the same result, however, it is not recommended 
because it compromises band release after a long voyage thru space. 

5.3.4.5.2 Hot Wire Assembly 

The loads acting on the hot wire bolt are primarily the maximum tensile load 
(preload) on the V-band. The bolt is sized on that basis using the standard UNF 
thread series. 

The size and weight of the hot wire bolt assembly are tabulated on table 5,3.4-1. 
This size includes a casing and the weight is an estimate based on dimensions A and 
B only. I 

% 

TABLE 5.3.4-1. HOT WlRE TENSION BOLT DATA 

*The all fire current given above may need to be increased by I a factor of 1.5-3 to meet simultaneity requirements. 

5. 3.4.5. 3 Explosive Nut 

The size of the explosive nut is a function of the load to be carried by the 
attaching bolts. Using the following data, the capsule weight which can be carried 
by four bolts is calculated. 
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Ax = 2 g's, Ay = 6 g's, bolt circle = 94 inches, c. g. location 

Size 
(in. ) 

1/4 

3.8 

is 10 inches aft of bolt down plane 

PT 
# 

3650 

10350 

Root diameter of 1/4 inch bolt = 0.19 inch 

Root diameter of 3/8 inch bolt = 0.32 inch 

Allow Capsule 
Wt = (lb) 

2130 

= 3650 lb for 1/4 inch bolt Pt 

*Wt/Nut *Size 
(Incl. 2 Squibs) (in.) 

4 02. 1.15 Dia x 
2.35 Long 

= 10350 lb for 3/8 inch bolt Pt 

From the Capsule geometry, the worst load occurs when one bolt carries the 
moment load, thus. 

10 Pt = W Ay + WAX 94 
4 

w = -  
1.71 

= 2130 lb for 1/4 inch bolts 

= 6050 lb for 3/8 inch bolts 

TABLE 5.3.4-2. EXPLOSIVE NUT DATA 

I 

6050 5 .5  02. 1.38 Dia x 
2.50 Long 

*Size and Weight data based on Hi-Shear Corp. 

Part No. SN 7321 - Separation - Nut - Captive, Interal Base, Bolt Torquing 

The pressure cartridge to be used with the explosive nut will be designed to 
meet range safety criteria, sterilization requirements and long life in space as 
special design requirements, The cartridge design will follow the concept of a 
common pyrotechnic design for the program to minimize reliability testing and 
demonstration of multiple designs, 

The stringent Capsule tip-off requirements dictate simultaneous release of the 
explosive nuts , with the implied simultaneous actuation of the cartridges. 

The selection of the pyrotechnic materials, and construction must be such as 
to minimize the potential effect and degradation due to sterilization and outgassing 
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in space. The applied firing current will most likely be increased two or three 
times the normal all fire current to enhance Simultaneity. The simultaneity re- 
quirement for nut separationwilllikely be < 0.005 seconds, making the require- 
ments for peak pressure in the cartridge and < 0.002 seconds. 

Ejected Weight - lbs 

Remaining Weight - lbs 

Separation Velocity-fps 

Tip-off 

Number of Springs 

5.3.4.5.4 Separation Springs 

"30 - 120 

Large (>lox) 

2 - 3 

No Reqmt. 

Optional 

The design of the separation springs is based on using an allowable stress of 
90,000 psi for 302 stainless wire, using helical coil springs with free length to mean 
coil diameter ratio of less than five, Ground and square end turns will be specified; 
and the number of springs is optional. The following reQuirements apply: 

Canister Capsule 

1000 - 2600 

1000 - 2000 
1 - 2  

<O. 5"/sec 

2 or 4 

Thrust Cone 

60 (empty) 

> lox 

Optional 

No reqmt. 

2 or 4 

*Based on 0 .5  lb/sq f t  canister surface area - as shown in fig. 5.3 -5 

Where thenremaining mass is large Q 10); the energy required is given simply 
by E = 1/2 M Y z .  In the case of the capsule, the equivalent mass is first calculated 

l!lLNI, 
Me =- - I - . The choices for detail spring design are many, however, the lightest 

M,+M, L a  

springs with acceptable stability - obviate the need for guides - are those with a 
spring index, C = D/d of 8-10. 

The theoretical spring weight can be calculated on the basis of energy required 
and is given in parametric curves in fig. 5.3.4-6. 

The weight of the spring adjusting mechanism is estimated at 0.4 pounds each 
for the smallest spring and to vary in the same proportion as the spring weight, or 
0.8 pounds each for the heaviest capsule. 

The effect of varying theorbiter and Capsule weight is to change the necessary 
separation energy required to obtain the same separation velocity (Vs) and A V  to the 
Capsule. The curve on fig. 5.3.4-3 shows that using the same energy (same springs) 
the required separation velocity for the expected range of vehicle weights can be attained 
The AV imparted to the capsule will be between 0.5 to 1 .0  fps (see fig, 5.3.4-4). 

The curves can be used to obtain the expected velocities as a function of Capsule 
weight and Orbiter/Capsule weight ratio. 
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S 
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Figure 5.3.4-6. Spring Weight vs Payload Weight for Various Payload AV 

The stringent tip-off requirement on the capsule separation dictates the use of 
special design considerations. Spring guides, controlled spring energy and cap- 
sule/adapter guides maybe necessary. Appendix B discusses the tip-off analysis, 
An allocation of 0. 1°/sec is made to the explosive nuts and the remaining 0.4O/sec 
is allocated to the spring system. The tip-off requirement can be met by using 
an adjustable spring assembly which controls initial spring load and total energy, 
or using springs with high spring constant and selectively installing the springs. 

2 
The sample calculation shows a tip-off rate of 0.3O/sec for a Capsule and 

Orbiter having a weight of 1500 pounds and a pitch/yaw inertia of I = 110 slug-ft . 
For the heaviest anticipated Orbiter (2000 pounds) a seven percent increase in rate 
can be expected (see fig. B. 1 in Appendix B). 

The pitch inertias of the capsules being considered are greater than the assumed 
value of 110 slug-ft2 and therefore the tip-off rates would be proportionally lower, 

5.3.4.5.5 Thrust Cone Separation 

The thrust cone will be attached to the Lander using 3/8 inch hot wire tension 
bolts identical to those discussed in the V-band attachment. The loads are con- 
siderably lower, thus there is ample margin. The T/C ejection must not interfere 
with the Lander. This is accomplished by means of two springs identical with those 
for canister ejection. Since the DV is not critical, this concept gives common hardware. 
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5.3.4.6 Aeroshell Attachment 

A retractable strap assembly joined by three hot wire bolts were assumed for 
this function, The strap was assumed to be 1 inch wide x 0.06 inch thick aluminum 
120 inches long. 

W = 0 . 1 ~ 1  x0 .06  x 1 2 0  = 0.72pound 

Weight of hot wire bolt = 0.66pound 
1.38 pounds 

5 . 3 . 4 . 7  Summary of Parametric Subsystem Weights 

From the preceding sections, a tabulation can be made of fixed and variable 
weights. This data is plotted as fig. 5.3,4-1,  and shows the fixed weight arbitrarily 
plotted as a sloping line connecting the limit weights given in part 1 below. 

1. Fixed Weight 

4 Explosive Nuts 

Total Item Wt. 
Capsule Wt/Canister Dia 
< 2000#/10' > 2000#/10' 

Capsule Attachment 1 . 0  1.4 

4 HotWires T/C Attachment 0 . 8  0 . 8  

4 Hot Wire Assemblies Canister Separation 0 .8  0 . 8  

Strap -t H. W. A/S Attachment 1 . 0  2 . 0  

2 Springs T/C Separation 0 . 1  0. 3 

2 Springs Canister Separation 0 . 1  0. 3 

2 Adjustable Spring Mechanisms Canister Separation 0.7 0.7 

4 Adjustable Spring Mechanisms Canister Separation 1.6 3.2 

1.1 - 0.5 

6.6 lb 10.6 lb 
4 Springs Capsule Separation I_ 

2. Variable Weight 

I11 

This is associated only with the V-band, a function of canister size, and 
varies from 6.4 to 19.2 pounds (See fig. 5.3.4-2). 
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5.3.5 PRESSURE AND VENTING SYSTEM PARAMETRIC STUDY 

5.3.5.1 Introduction 

This section discusses the parametric study of the Pressure and Venting (P&V) 
system. The primary system function is to vent the internal air within the canister 
as the booster ascends to prevent the internal pressure from exceeding design limits, 
These limits are predicated by structural considerations of the canister and the canister 
separation joint. The parametric study of the sepasation subsystem (Section 5.3.4) 
shows that the allowable AP should be as low as possible, especially for the large 
diameter canisters, (>12 ft). The P&V system design is a function of canister size 
only and maximum allowable &, 

5.3.5.1.1 Function and Requirements 

The P&V system performs the following functions: 

1. 

2. 

3. 

4. 

5. 

6. 

7. 

Inlet and outlet ports into the canister for sterilization 

Circulation of air during sterilization 

Pressure relief due to temperature variations 

Maintain a positive A P  between 0.5 and 2.0 psid between the canister and 
ambient atmosphere 

Vent up to 500 f t  of internal air during ascent to maintain specified A P  

Evacuate all entrapped gases to ambient space vacuum just prior to canister 
separation 

Prevent bacteria access into canister by mechanical filtering of particles 
larger than 0.3 microns. 

3 

5.3.5.1.2 Constraints on Other Systems 

1. EP&D will provide power to operate valves 

2. OGE/TSE must provide sterilized and prefiltered make-up gas supply to 
be used from sterilization through pad operations, for system operating 
at less than 5 psid A P  

3. Air  conditioning on pad is required after removal of make-up gas supply 
to control canister gas temperature on systems operating at less than 
5 psid OP 

4. It is assumed that air introduced during sterilization is dry and prefiltered 
to prevent degradation and clogging of the flight 
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5. It is assumed that the booster shroud provides adequate venting, 
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5.3.5.2 Summary 

The pressure and venting parametric study led to a relatively simple and reliable 
design solution using a single valve to perform all of the basic subsystem functions. 
This valve is a pilot operated relief valve with a latching solenoid-operated override, 
It is used for pressure relief, canister venting during ascent, and evacuation of final 
entrapped air and outgassing products to space vacuum prior to canister separation. 
During flight venting the valve will automatically open within the first two seconds of 
flight and close as the A P reaches 0.5 psid. It is expected that the valve will  cycle a 
few times until about 30 seconds after launch, thence remain open until about 85 seconds; 
at which time, it will remain closed until just prior to canister separation. It is recom- 
mended that a positive pressure be maintained within the canister for as long as possible 
after exiting from the Earth's atmosphere to prevent biological contamination. 

The P&V system was designed on the basis of a 1 psid canister, LIP. The use of 
a higher A P system, reduces the vent valve and filter sizes, which for a 5 psid A P 
system means reducing the system weight by approximately one-half. The subsystem 
weight is tabulated on table 5.3.5-1 and plotted in fig. 5.3.5-1. Weight varies from 
5. 8 to 17.8 pounds and is approximately linear with canister volume. The subsystem 
weights estimated for the six point designs are plotted also for reference. 

It is recommended that in further studies, the cyclic operation of the vent valve 
be included in the vent down computer program to verify component sizing, and filter 
rating test method be reviewed to assure compatibility with the sterilization require- 
ments, System reliability can be enhanced by making use of the valve position indi- 
cating switch and the telemetry AP sensor to command electrical operation of the valve 
during canister venting. 

L 
'8 10 12 14 16 

CANISTER DIAMTER, FT 

Figure 5.3.51. Pressure and Venting Subsystem Weight vs Canister Diameter 
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5.3.5.3 System Analysis 

5.3.5.3.1 Venting Analysis 

The venting analysis is performed with the aid of a computer program that solves 
the basic thermodynamic gas flow equations. Isothermal flow is assumed, to obtain 
a more severe case, whereas the actual flow will be between isothermal and adiabatic. 
The computer program assumes a quasi-steady state equilibrium over a 0.001 sec- 
ond interval and computes the flow across the nozzle. It then calculates the new stag- 
nation pressure and repeats the process. The external atmospheric pressure as a 
function of time is programmed from a best fit polynomial of a series of pressure- 
time points obtained from a rough plot of a Titan III-C (see figs. 5.3.5-2 and -3) 
fxajectory with a 2000 pound payload. The computer program, using nozzle area and 
initial volume as input, computes AP,  Mach No., mass flow rate and total mass flow. 

The results of the computer analysis are plotted on figs, 5.3.5-4 and -5. It is 
noteworthy that the A P  vs time is insensitive to the initial pressure after the first 
20 seconds. LIP is a maximum, except for the initial condition, in the 40 to 80 
second interval, and is fairly constant in this region. Higher initial pressures make 
the peak flow rate, which occurs immediately upon valve opening, higher, 

Sizing of the subsystem components can be accomplished from the above data, 
The valve is sized as a function of nozzle area modified by appropriate discharge 
coefficients. Nozzle area is proportional to canister interval gas volume, for 
constant LI P. The flow rate is used to size the biological filter. Filter element 
area is proportional to flow rate for constant D P and pressure drop. A pressure 
drop of 0.1 psi was initially assigned to the filter. Flow rates and nozzle areas 
are plotted on fig. 5.3.5-4 as  a function of canister diameter and AP.  

TABLE 5.3.5-1. PRESSURE AND VENTING WEIGHT SUMMARY 

1 Vent Valve 

1 Biological Filter 

1 Fill Valve 

2 Fans 

TOTAL 

~- ~ 

8 Ft Canister 
50 Ft3 

4.0 

1.0 

0.3 

0.5 

5.8 

16 Ft Canister 
500 Ft3 

7.0 

7.0 

1.8 

2.0 

17-8 
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Figure 5.3.5-3. Ascent Pressure - Time Curve, Titan 111-C and 2000 Payload 
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Figure 5.3. 5-4. Canister Gas Volume 
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Figure 5.3.5-6. Maximum Canister AP vs  Operating Temperature Range Based on 
48PR (20°F) Initial Temperature 
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5 . 3 . 5 . 3 . 3  Effect of Temperature Variations 

The allowable temperature variation within the canister depends on the initial 
pressure. This relation for a constant volume system is plotted in fig, 5.3.5-6.  
It shows that a 5 psid system can tolerate the +20°F to 160°F temperature range 
without any make up gas, whereas a 1 psid system can tolerate a maximum total 
temperature excursion of 18 F. 0 

5 . 3 . 5 . 3 . 4  Allowable Leak Rates 

Leakage can be tolerated, provided a positive pressure is maintained within the 
canister to ffguaranteelr sterile conditions, The minimum allowable B P  (0.5 psi) 
will decay to 0.0 in approximately10 days at an average drop of 0.002 psi/hr. 

This rate can be monitored with the telemetry pressure transducer. The flow 
rate of any leaks will be more critical in the small canister, because of the lesser 
gas available. 

5 . 3 . 5 . 4  Basic Design Solution 

The philosophy followed in selecting a P&V system was to utilize the least 
number of valves required to perform reliably. Biological filters are required 
at every outlet in the canister, however, redundant valves performing the same 
function can be connected to a single filter. The functions to be performed which 
require valves are given in table 5.3 .5-2  with the type of valve which can perform 
that function. 

Requirements for the various functions are not really critical except for the 
venting functions, where large flows, 50 to 500 cfm, and fast response - 1/4 second 
are required. Relief and evacuation flow rates are less than 10 cfm and steriliza- 
tion air inlet is governed by inlet pressure and number of air changes desired. 

Considerations of reliability must include the pressure sensor, where this 
element is a series function to command the valve. 

5 . 3 . 5 . 4 . 1  Venting Function 

Since the venting function is most critical, several approaches were investigated 
and presented below. 

1. Minimum component system - consists of one electrically actuated vent 
valve, one filter, one pressure sensor 

2. Redundant system - consists of two electrical vent valves, one filter, two 
pressure sensors 

3. Redundant system - different failure mode - consists of a relief valve, with 
a solenoid operated override, one filter, one pressure sensor 
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4. Combination of 2. and 3. above, one mechanical relief valve, one electrical 
vent valve, one filter, one pressure sensor. 

Concept (3. ) was selected as the basic approach, since it gives a minimum weight 
system with excellent reliability. The solenoid function could be time programmed or 
pressure programmed through a sensor during its redundant function, This same 
solenoid is operated toward the end of the space travel to completely evacuate the 
canister prior to separation. 

A vent valve of this type was successfully used by LMSC to vent a Spacecraft. 
Important features of the valve are - pilot operated pneumatic relief, latching solenoid, 
position indicating switch. This one valve will perform all required valve functions 
listed in table 5.3.5-2 except sterilization and make-up gas inlet. 

TABLE 5,3.5-2. PRESSURE AND VENTING SYSTEM VALVE FUNCTIONS 

1 Function 

a) Pres. Relief 

b) Sterilization - 
inlet & outlet 

c) Make-up gas inlet 

d) Canister Vent 

e) Canister Evacuation 

t 

Type 
Valve 

Relief 

Solenoid or 
Motor 

Check Valv~ 

Fill Valve 

Solenoid or 
Motor 

Same as (b) 

Solenoid* 

Relief 

Solenoid or  
Motor 

Mode of 
Operation 

Mechanical 

Electrical 

Mechanical 

Manual 

Electrical 

Electrical 

Mechanical 

Electrical 

Internal 
Filter 
Req'd 

Yes 

Yes 

Yes  

No 

Yes  

Yes 

Yes 

Yes 

Sensing 
Req'd 

No 

Yes 

No 

No 

No 

Yes 

No 

NO - 
Ti  med 

*Motor operated valves are too slow for this function (2-3 seconds 
opening time) 
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Valve weight has a fixed portion associated with the solenoid and a variable part 
which is a function of operating pressure and flow. For the proposed valve, a weight 
estimate of 4 to 6 pounds was made based on a 3 pound actual valve with an opening 
of 0.4 inch diameter. 

5.3.5.4.2 Biological Filters 

Maintenance of the sterile status of the Capsule is of primary importance, and to 
this end biological filters are required to prevent bacteria entry. Contact was made 
with the Pall Corporation, and they have various types of their r'Ultiporff filter media 
capable of meeting the filtering requirement of 0.3 microns. The trade off consists 
of attaining a balance between desired pressure drop across the filter and filter size- 
the larger the filter, the lower the pressure drop. In the low LSP system being con- 
sidered, pressure drop is more significant, and therefore 0 .1  psi was assigned as the 
pressure drop for this study. Filter sizes obtained were based on this requirement 
for a one and five psid D? system, using rfUltiporff media. 

'Ultipor I t  filter medium consists of multiple layers of extremely fine inorganic 
fibrous materials bonded by epoxy impregnant. Various filtration ratings are avail- 
able; "Ultipor '' . 9  has a catalog rating of 100 percent removal of 0.08 micron particles; 
where as ffUltiporff .15 has a rating of 0.015. The finer filter increases the pressure 
drop, and since that level of filtration does not appear necessary at this time, it was 
not selected. 

Housing 
L D Wt 
In. In. Lbs. 

2.25 3.0 .35 

7.60 3.2 - 7 1  

Filter weights are plotted in fig. 5.3.5-7 and assume a 0,06 aluminum housing 
in arriving at total weight. Filter sizes tabulated in table 5.3.5-3 are typical, in 
that total filter element area determines the element basic shape. Housing size is 
governed also by required flow rates in the inlet/outlet ports, 

Tot a1 Wt 
lbs 

.47 

1 -00  

TABLE 5.3.5-3. BIOLOGICAL FILTERS 

Flow Rate 
cfm 

20 

100 

P = 1 PSI 

Can. Vol. 
Ft3 

20 

100 

250 

nt 
wt 
Lbs. 

400 9.0 6.2 1.70 

.70 

20 

100 

250 

400 

.24 

32 

165 

415 

660 

10.25 7 . 5  2.82 

~ 

1.34 8.20 

2.10 12.6 
I 

5-83 



x 
BIO FILTER WEIGHTS 

AI? = 5 PSI 

0 l P S I  
0 

FILTER 

100 a00 300 400 500 

= 5 PSI 

1 PSI 

5 PSI FILTER 

I 
500 

ELEME NT 

CANISTER GAS VOLUME, FT3 

Figure 5.3.5-7. Biofilter Weights vs  Canister Gas Volume 

5.3.5.4.3 Other P&V Components 

The f i l l  valve to be used during sterilization and for OGE make-up gas hook up 
can be a manually operated valve with an external plug cap; thus obviating the need 
for a biological filter. The valve size is a function of A P  and flow rate. A L?p of 
1 psid was assumed during sterilization and provisions for four air changes in 
one hour. For a 70 ft3 system a valve with an area of 0.25 in. 
hour, This size can be scaled directly for other canister volumes. 

gives 4.5 air changes/ 

The fans to be used during sterilization assist in reaching an equilibrium temper- 
ature within one hour, It was assumed that air delivery equivalent to two air changes 
per minute would suffice. Light weight, high rpm, vaneaxial type fans are recom- 
mended. The fans are used only during sterilization, but they could also be used 
during equipment checkout to prevent hot spots, Power to the fans is from external 
OGE. 

The make up gas supply is envisioned as OGE equipment. It must have capabilities 
for monitoring internal pressure or to accept inputs from the telemetry AI? sensor. 
The OGE must also sense ambient atmospheric pressure and supply make up gas during 
high barometric pressure times as well as during decreasing ambient temperatures. 
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APPENDIX A MAJOR COMPUTER PROGRAMS 

This appendix presents descriptions of some of the major computer programs em- 
ployed in the Mars Hard Lander study by this contractor. The programs described are  
those employed in the thermodynamics, configuration selection, and recovery system 
selection analyses. 

The program descriptions are not complete, the more commonly available pro- 
grams, such as those for flight path analysis, are omitted for brevity. 



A. 1. DESCRIPTION O F  REACTION KINETICS ABLATION PROGRAM 

To describe the thermal behavior of a material in a re-entry environment, table 
A-1 and ref. A-1, it is necessary to solve the transient heat conduction equation 
for each element of material through the char (if a char exists), the reaction zone, and 
the virgin material continuously and simultaneously throughout the re-entry heating 
period. In order to solve these second-order differential equations simultaneously, 
it is necessary to prescribe several boundary conditions: (1) at the surface the net 
heat transfer rate to a non-permeable surface is reduced by both surface re-radiation, 
and the mass transfer effect of the injection of the decomposition gases into the 
boundary layer (blocking action), and (2) at the backface of the virgin plastic o r  
supporting substructure the heat conducted out is zero. 

In general, the heat conducted into a material element is equal to the sum of the 
heat stored in the element and the heat absorbed in the decomposition of the material 
element by the decomposition gases passing through the material element, and by 
cracking or recombination of the decomposition gases. The general heat conduction 
equation, valid in both the porous char and virgin material is written in Cartesian co- 
ordinates as 

At the material surface - boundary layer interface, boundary condition eq. A1 is the 
thermal energy balance written as: 

- - 
‘Block ‘Vaporization 

- - _. 
‘net - ‘c 

where: 
= hot wall convective heat flux = H (h 

= re-radiated heat flux = a Fe Fa T 

= transpiration cooling due to injected gases 

- hw) qC r 

!RR W 

qBlock 
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For laminar flow 

For turbulent flow 

J Backface 

L q c  J 

= phase change energy associated with surface recession = p Ls 
VAP C 

Surface recession rate is assumed to be a reaction rate controlled process that 
can be best described by an expression of the form 

At the backface of the virgin plastic or  supporting substructure, the second 
boundary condition on eq. A4 is 

By solving the above equations simultaneously and continuously through the heating 
period, the surface and subsurface temperatures and material degradation time histories 
are obtained. The Reaction Kinetics Ablation - Program (REKAP) is the mechanized 
numerical solution to the above model. 

The validity of this approach for the prediction of the thermal response of a 
material undergoing thermal degradation has been proven by comparing calculated 
results with those obtained during ground and flight tests. 
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A. 2. CONSEP PROGFUM DESCRIPTION 

A.2.1 DEVELOPMENTAL BACKGROUND 

Entry vehicle proposal response efforts, design studies and the associated initial 
phases of design development require rapid definition of basic design trends and trade- 
off capabilities and, quite frequently, early establishment of optimum design configura- 
tions. The ever diminishing response time requirements obviate the traditional, detailed 
design lay-out procedures for such initial program efforts. 

GE-MSD has, for a period of over eight years, been engaged in the development of a 
series of digital programs which permit such broad-scale, comprehensive design analysis 
and specification within an extremely short period of time. 

This CONSEP series (CONSEP from ENfiguration Elect ion Programs) currently 
consists of CONSEP I1 and 111 programs principally concerned withvehicles designed for 
entry into Earth's atmosphere, and a third program, CONSEP IV. 

This latter program has been recently developed for the specific purpose of investi- 
gating axisymmetric vehicle design characteristics for entry into M a r s  and Venus at- 
mospheres. Its development has drawn heavily from prior experience gained during the 
CONSEP I1 and 111 program growth and utilization. 

This CONSEP IV program consists of a basic composite of simplified empirical 
design techniques which, when combined with packaging calculations, permits rapid de- 
termination of a wide variety of vehicle parameters. This program is capable of de- 
signing approximately 100-200 vehicles per minute. The program logic and design tech- 
niques are briefly described in the following paragraphs, 

A.2.2 CONSEP PROGRAM LOGIC 

The basic program logic is based upon outside-in design techniques. The envelope 
of a given vehicle is f i rs t  described which, when combined with an initial assumption of 
vehicle weight and specified entry conditions, permits establishment of heat shield and 
structural thickness distributions These values then permit calculation of internal 
cavity geometry. The mathematically described payload components can then be inserted 
into this cavity. This procedure is followed by total vehicle weight and balance, and 
moment of inertia calculations. The resultant vehicle weight is then compared to the 
assumed initial value to determine the degree of convergence. If adequate, the design 
procedure is completed. If not, the design cycle is iterated until the proper degree of 
convergence is obtained. This logic and step-by-step procedure is schematically de- 
scribed in fig. A - l ,  
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The program input consists of description of internal payload component geometry 
and inertial characteristics, structural materials properties , heat shield thickness varia- 
tions with vehicle W/CDA and integrated heat load (or maximum heating rate), shield 
density, design options and constraints, entry conditions, and an array of vehicle geometric 
parameters to be investigated. 

Up to ten values for each of the geometric parameters can be treated during a single 
run. Sphere-cone concepts , for example, are described by specification of semi-apex 
angle, bluntness ratio, and base radius. Each production run can then evaluate anywhere 
from one to one thousand sphere-cone designs. 

The program checks each vehicle design for payload component overlap o r  insufficient 
internal cavity dimensions for payload insertion, which then results in automatic design 
rejection. Additional elimination criteria, or constraints , can be imposed upon each study. 
These constraints are supplied by the user in the form of maximum and/or minimum al- 
lowable values for length, weight, W/CDA, and stability margin. Each vehicle design is 
checked against these values before final design acceptance is made, as indicated in 
fig. A.2.2-1. 

A.2.3 CAPABILITY AND PROCEDURE 

The following material presents a brief word description of the salient procedures 
contained within CONSEP. Further detailed information is contained in ref. A-2. 

A.2.3.1 Geometric Descriptions 

Specification of vehicle external geometry within CONSEP is divided into two major 
sections; forebody and afterbody. Each area has separate modes of treatment and scope. 

The forebody description has been constructed to permit treatment of sphere-cone , 
sphere-power law, and sphere-ogive bodies of revolution. The generatrix of such con- 
figurations is expressed by: 

R = A 4- B (x -XR)E -t- c 4- 
where A, B, C, E and RO are constants of the equation, and XR and Xo permit translation 
of the section origin from the coordinate origin. Complex forebody configurations can 
be represented by combining up to 7 sections of the above form. All configurations are 
considered to be spherically blunted, the sphere being assumed tangent to the following 
body section. The power-law exponent, E, is currently restricted to discrete values of 
2/3, 3/4 and unity. 

Afterbody configurational types are fixed, consisting of: 1) circular flat plate hemi- 
spheres, 2) non- tangent spherical segment domes, 3 )  ogives, 4) ogive domes, 5 )  conica 
frustums, and 6) tangent spherical domes. The proportions associated with each of these 

m A-11 



concepts is controllable by the user. Special cut-out flat plate aft-cover capability was 
included for the subject M a r s  Hard Lander study. 

Payload geometries are treated in the same manner as the external geometry, 
utilizing the following relation. 

R = A + BX + C d R o 2  -(X - Xo)2 

The origin of the payload coordinate system, for input purposes, is taken to be at the nose 
of the payload. Up to ten such geometric segments may be utilized to describe all pay- 
load components. These payload components may be arranged in three separatepackages, 
which are located in the vehicle in an independent manner. The forward and middle com- 
ponents are located as far forward as internal tangency will permit. The aft package is 
located at a fixed distance from the vehicle base. This value is supplied by the user. 

A.2.3.2 Aerodynamics 

The key aerodynamic parameters utilized by CONSEP are vehicle drag coefficient, 
center-of-pressure, and local surface pressure coefficients. The program has been 
basically constructed to provide Newtonian values for these parameters for any de- 
scribed vehicle at both 0" and 180' angle-of-attack. Provision has been made, 
however, for table look-up of drag and center-of-pressure as a function of two geometric 
parameters. These arguments are currently fixed as being bluntness ratio and length- 
to-diameter ratio; however, these reference parameters can be readily changed. 

An option also exists which permits calculation of viscous effect drag increments 
for addition to the above discussed inviscid drag values. 

A.2.3.3 Flight Mechanics 

Information regarding flight environment is normally supplied to CONSEP in the form 
of entry velocity and flight path angle at the edge of the effective atmosphere, the atmo- 
spheric molecular weight, and a reference density and inverse scale height parameter. 

These quantities are then incorporated into Allen and Eggers relationships for calcu- 
lation of stagnation point integrated heat load (and/or maximum heating rate) and maximum 
dynamic pressure. These quantities are then made available for use during heat shield 
and structural design. 

A second mode of treatment is available, for use during heat shield and structural 
design, which provides a triple table look-up of the trajectory dependent parameters as 
functions of W/CDA, entry angle, and velocity. 
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A.2.3.4 Thermodynamics 

The integrated heating distribution over sphere-cones includes, for M a r s  entry, 
contributions due to convective heating and also to equilibrium and/or non-equilibrium 
boundary layer radiation effects. The procedures involved in the calculation of radiative 
heating are discussed in Section 3.1.2 and will not be repeated here. 

The convective heating is calculated assuming cold wall conditions in laminar flow. 
The stagnation point heating, normalized by the square root of nose radius, is calculated 
in the Flight Mechanics subroutine using these assumptions and Allen and Eggers- 
developed relationships. 

This stagnation point heating is then applied to a distribution function for calculation 
of conical skirt  heat load distribution. 

This distribution function is expressed in terms of wetted length and local pressure. 
The pressure distribution is calculated for spherically blunted conical segments using 
a combination of Newtonian and Prandtl-Meyer expansion theories. This pressure dis- 
tribution is expressed by curve fitted relationships, using cone angle as the independent 
parameter. 

Vehicle geometries , other than sphere-cones, use the same relations wherein local 
flow angle is substituted for cone angle. 

The calculated integrated heat load is then used in conjunction with the subject vehicle 
W/CDA to enter a two-way table look-up analysis for final specification of heat shield 
thickness. This table is input by the user based upon thermodynamic analytical data for 
the particular heat shield material, flight path, and design backface temperature under 
consider ation. 

Afterbody heat protection, if any, must be also input into the program. 

A.2.3.5 Structural Design 

The forebody structure can either be input into, or calculated by the program. Design 
capability for either honeycomb or ring-stiffened shell structure is available. Materials 
characteristics (density, Young's modulus , compressive yield stress, minimum gage 
thicknesses) are input into the program. This permits treatment of a wide range of ma- 
terials at any effective structure temperature representative of a given design condition. 

Each geometric segment of a vehicle is sub-divided into sections; each of which is 
treated as an equivalent cylinder. This cylindrical segment is designed to resist yield and 
buckling due to aerodynamic pressure loading. No axial inertia effects are treated, and 
no structural support from the heat shield is assumed. 
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Experience with CONSEP I1 and I11 has indicated that these two simplifications tend 
to counteract each other, resulting in structural thickness distributions and weights 
comparable to those obtainable through more complex and detailed analyses. 

The local pressure loading is obtained from the previously calculated peak 
dynamic pressure (see Section A.3.2) and modified Newtonian estimates of local 
pressure coefficient. 

The afterbody structure is either input to the program, or calculated utilizing 
an input value of internal differential pressure value. 

A.2.3.6 CONSEP Data Output 

Provision has been made within CONSEP output logic for the generation of both 
paper and magnetic tape output. This permits visual data inspection and manual 
treatment, as well as automatic plotting and/or subsequent digital program manipula- 
tion of the CONSEP-generated data. 

Three choices of the degree of CONSEP information to be printed are  available. 
The most complete set of data includes (for each valid vehicle) items such as: 

1. 

2. 

3. 

4. 

5. 

External Geometry: Bluntness ratio, nase and base radii, cone angle, 
length, and center of gravity. 

Aerodynamic Quantities: Drag coefficient, W/C A, m/C A,  center of 
pressure, and stability margin. 

Weight Breakdown: Heat shield, skin, rings, payload, and total vehicle. 

D D 

Weight Distribution: Heat shield weight per body section (includes section 
surface area, average pressure, and integrated heat load). 

Thickness Distributions : Heat shield and structural thicknesses at selected 
axial locations. 

The logic and simplified design techniques, outlined here, have resulted in a 
program which is easily used, highly flexible, and characterized by a complete design 
capability rate which is believed to be unmatched throughout the corporate aerospace 
community. 

A-14 I11 



A. 3 STRUCTURAL ANALYSIS SUB-ROUTINE IN CONSEP IV PROGRAM 

The function of the structural mechanics subroutine in the CONSEP program is 
to provide a realistic estimate of the structural mass and inertia properties for each 
entry vehicle being considered. 

Two types of structural shell configurations are considered: a honeycomb sand- 
wich shell and a ring stiffened shell. For the honeycomb sandwich shell each geo- 
metric section is of constant thicknesses. In the ring stiffened shell, a ring is placed 
at the end of each geometric section and at each subdivision (the split index controls 
subdivisions). Each subdivided section of the ring stiffened shell is then of constant 
thickness and as such, the thickness of each geometric section is not necessarily 
uniform. Interactions between the heat shield and structure are neglected in the 
design. 

A.3.1 STRUCTURE LOAD CONDITIONS 

The forebody structural design load conditions are taken to occur at the peak 
dynamic pressure condition. For simplicity only pressure loads are considered. 

A.3.1.1 Forebody 

The pressure at any point on the forebody surface is given by 

2 - 
p - p, = C qm sin 6 

P 

The design load conditions are evaluated from eq. A7 with the dynamic pressure 
being the peak dynamic pressure found in the Flight Mechanics Subroutine. 

A.3.1.1.1 Spherical Segment 

For a spherical segment, the average pressure acting over the section is given 
by 

where ds is the elemental surface area: 

ds = 277 rR de= 2n R cos e de N N 

7c/2 
Therefore, 

2 
S = 277 R cos 8 dB = 2nR (1 - sin e )  N N t t 

(A 10) 
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where 8 is the body angle at the tangency point. t 

Then the peak average pressure is 

- 1 -  2 p' = -C (1 + s i n  0 + s i n  3 P  t 9) 
Hence, for a hemisphere the peak average pressure is, from eq. A l l  

- 1 -  
p' = -c q;* 

3 P  

An alternate method of defining the average pressure is to consider the loading 
to be two dimensional. In this sense the resulting average is greater than that given 
by the above method, where the loading is considered to be three dimensional, and is 
therefore conservative in design. As any calculation based on an average pressure 
is at best only approximate, it was decided that a conservative approach would be 
taken where all average pressures are taken to be two dimensional in the above sense. 
Then for this case, the peak average pressure is given by 

2 J qks in  8 de 
1 - p' = 

71 P - - et et 
2 

- 1 -  sin 20 
ps' = -c q:, F +  ] 2(+- et> 

2 P  

1 -  
which for a hemisphere is equal to - C 

2 P  q:. 

A.3.1.1.2 Conical Frustrum 

For a conical segment the pressure is constant, thus the peak average pressure is 

- _I 2 
= C < sin 8 pr: P C 
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A.3 A.1.3 Other Geometries 

For skirt geometries other than conical frustrums each segmented section of the 
skirt is taken to be a conical frustum with an angle equal to the average of the extremity 
angles. 

A.3.1.2 - Afterbody 

If the structural thickness is to be calculated for an aft cover, the design pressure 
difference, Ap (psf), across the cover must be specified as input (Ap must be positive). 
It has been assumed in stability considerations that the internal pressure is greater 
than the external pressure. 

A.3.2 STRUCTURAL REQUIREMENTS 

The structural requirements for a given geometry, loading condition and material 
are a function of the structural shell configuration (type of construction). Two types 
of configurations are considered: (1) honeycomb sandwich shell and (2) ring stiffened 
shell. Any interactions between the heat shield material and the s t ructure  are  neg- 
lected, namely the strength contribution of the heat shield and associated thermal 
stresses. 

A.3.2.1 Honeycomb Sandwich Shell 

The honeycomb sandwich structure consists of two high density faces separated 
by a low density core material. The face thickness is determined by allowing the 
material to work at its yield stress,  unless fabrication limitations (e.g. minimum 
gages) dictate other requirements. The associated core depth is then generally 
determined from stability considerations. 

The minimum gage face thickness used for all materials is 0.01 inches. The core 
density is assumed to be 0.035 times the face density, 

A.3.2.1.1 Forebody 

A. Spherical Segment 

For a spherical shell segment of thickness t under uniform pressure load - 
p;, the stress is 

< RN 
( 5 =  

2t 
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Then if the face material is allowed to work at its yield stress, the design thickness 
of one face is given by, (t = t/2): f 

'b RN # ; (tf 2.833 x 10 -3 ft)  t =  
f,l 4qy s ,1 

where QS,i is a structural design factor for the i th section (the spherical segment 
is the first section). 

In buckling, the honeycomb shell is analyzed as an equivalent monocoque shell of 
thickness te and modulus E for which the critical load is e 

2 .312 E t e e  
2 

RN 

with 

E = 2 E t / t  e f f  e 

t = v 3  (tf + te> e 

So that the design equivalent thickness is 

- 2  
P' RN 

t =  e .312 (2 Eftf) 

and finally 

2 - 

( A W  
'b RN 

- tf Eftf 
t = 0.925 
c .  

Neglecting the last term in eq. A20 the design core thickness for the sphere 
is given by 

2 

E t ,1 s,l t 
c 9 1  

= .925 'b RN Qz ; (tc L .0476 f t )  
f f  
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The requirement that t 20.0476 ft. is determined by assuming that the minimum 
allowable core weight i% equal to the minimum gage weight of the faces, viz. 

2p t (min) - 2 x .833 x lom3 =o.0476 ft. 
.03 5 

- t 2  f f  
C 

pC 

The overall thickness of the f i rs t  section is simply 

(A=) tl = 2 t  t t  f , l  c,l 

In the calculation of the forebody shell mass and inertia characteristics, it is 
assumed that the shell is homogeneous. The reference density is calculated for the 
forebody based on the mass characteristics of the f i rs t  section (sphere). 

The mean reference density for the forebody is taken to be 

- 
f p = 1.25 p (A231 

where the fabrication factor is taken to be 1.25. This mean reference density is now 
used throughout the forebody in calculations of mass and inertia. 

B. Conical Frustum 

A conical frustrum is treated as a circular cylinder of effective radius 

- r ,  c r  
R. = 1 i + l  
1 2 cos e 

C 

and effective length 

- xi i c l  X 
L =  i cos e 

C 

For a cylindrical shell segment of thickness t, the hoop stress is 

(A251 
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If the face material is now allowed to work at its yield stress, the design thickness 
of one face is given by (with tf = t/2) 

- -  
P; Ri -3 t = -  @ ;(tf 2 .833 x 10 ft)  

f ,  i 2a s ,  i, 
Y 

In buckling the honeycomb shell is again analyzed as an equivalent monocoque 
shell of thickness te and modulus Ee, for which the critical load is 

.74 E 

So that 

-3/2 - -, 

.74 

R LPc 3/2 - - 5/2 = 2 E  t t E t  f f e  e e  

Finally the design core thickness is given by 

t z t  + t  - @s,i,\(tc 2 .0476) 
c, i c, i f , i  

The overall thickness is 

t. = 2 t  + t  
1 f , i  c,i 

with an overall density 

c ,i 2 t f .035 t f , i  w. = 1.25 pf 
1 ti 
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Using a mean reference density for the forebody of p, eq, A23, a corresponding 
thickness of 

wi ti 
Ti = - - (A32) P 

is used in subsequent mass and inertia calculations. 

C. Other Forebody Geometries 

For forebody geometries other than a spherical segment or  a conical frustrum, 
the section is treated structurally as a conical frustrum with an angle equal to the 
average of the extremity angles. 

A.3.2.1.2 Afterbody 

On the afterbody, as on the forebody for a honeycomb sandwich shell, the shell 
is treated as being homogeneous in mass and inertia calculations. Furthermore, 
the afterbody is treated separately from the forebody. The mean reference density 
used on the afterbody may vary depending on whether the afterbody thicknesses are  
specified as input or whether the thicknesses are to be computed. 

If the thicknesses on the afterbody 

t = 2 %  +tc  
- 
p = 1.25 pf 

2 tf + .035 tc 

t 

are  specified as input, then 

where the tf and tc are input values for the aft cover. 

If the thickness are to be calculated, minimum gage thicknesses are  used in the 
above relations to determine a mean reference density for the afterbody. 

A. Flat Plate 

For a flat plate, the bending moment is assumed to be 
2 

( Q P )  ri 

5 M =  

If the bending moment is assumed to act only in the faces, we have 

M = ( o y  tf,i) tc, i 
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Furthermore, if the face weight is assumed to be equal to the core weight, that 
is 

tf,i = .0175tc,i 

we have from eq. A33 through eq. A35 

2 J a0875 Qy 

(AP) ri 
tc,i = 

In view of the above simplifying assumption an additional 20% design m 
been applied such that the design core thickness is given by 

> .0476 ft)  t c , i  = s, i, @c - 

The associated face thickness is then given by eq. A35 

The overall thickness is then 

ti = 2 $9 i + tc, i 

with an overall density of 

2 tf, i + -035 tc, i 
t 
i 

wi = 1.25 pf 

In mass and inertia calculation the reference thickness is 

(A351 

(A361 

rgin has 

(A371 

For the afterbody dome thicknesses, the equations derived previously for the 
forebody spherical segment, para A.3.2.1.1.1,  are used with a pressure load of 
A p: 
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The overall thickness and the mean reference thickness are then given by eq, A38 
through A40. 

A ring is needed if the dome is not preceded by an annular plate. The ring is 
designed to withstand the radial component of loading in the dome. The load in the 
faces per inch is A p R D / ~  and the outward component is 

The ring load is then 

Assuming that the ring acts at its yield stress, the ring weight is given by 

LR 
WR = Pf (7) (2 'ri) 

Y 

WR 'VPf ri (1.25) 

where the structural design factor is assumed to be 1.25. 

C, Conical Frustum 

For the afterbody cone thicknesses, the equations derived previously for the 
face body, para A.3.2.1.1.2, are used with a pressure load of Ap: 

Ri ( A p E i  J'3 

tc, i = 3 1.48Ef tf, *s, i,r -(t c 2 .0476) (A461 
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where 
r. + r  
1 i + l  
2 cos e 

- 
R. = 
1 

and 

- xi + 1 *i 
L. = 
1 cos e 

The overall thickness and the mean reference thickness are then given by eq. A38 
through eq, A40. 

D. Other Afterbody Geometries 

For other afterbody geometries, the section is treated in structural calcula- 
tions as a conical frustum with a half angle equal to 

A. 3.2.2 Ring Stiffened Shell 

The ring stiffened shell is esentially a monocoque shell supported at various length- 
wise locations. The minimum gage skin thickness is assumed to be .02 inches for all 
materials. The skin and rings may be of different materials. 

A. 3.2.2.1 Forebody 

A. Spherical Segment 

In the spherical segment, it is assumed that there are no internal supports. The 
required - skin thickness for a spherical shell allowed to work at its yield stress under 
load gs, is given by 

In buckling, the critical load is 
2 

,312 Et 

RN2 
P =  

c r  

Hence, the skin thickness required to resist buckling is 

t = RN 
s ,  1 

(A49) 
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Taking the greater of the two thicknesses given in 
thickness is given by 

eq. A49 and A51, the design skin 

1.666 7 X (A521 

B. Conical Frustum 

Each subsection of a cone frustrum section is treated as a circular cylinder of 
effective radius 

J 
2 cos e. 

J 

and effective length 

x j + l  - x. J - 
cos e. 

J 
L. = 

J 

where j refers to the jth subsection of the cone frustrum. 

For a cylindrical shell segment of thickness t, the hoop stress is 
1 -  

R 
'j j a =  + 

'j 

If the skin is allowed to work at its yield stress the required skin thickness is 
given by 

We note, however, that yielding is a local function, and as such we must insure that 
the skin does not yield at any point in the jth subsection. Using the maximum value 
of the local effective radius, viz. E. as given by eq. A53 a s  r. approaches 
r J J , the required yield skin thickness is 

j +l 
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In buckling the critical load is 

.74E 
- - 5/2 

R t  
P,, = - -  L R 

Thus, the required buckling shin thickness is given by 

The design thickness is then taken to be the greater % of the two thicknesses given in 
eq. A57 and A59: 

= M a x  [ t s,(r: ts, 52)] 0 s, i , r  s -  *(t > 1.6667X10-3) t 
s ,  j 

The rings,are designed to support the pressure load over the jth subsection. The 
load is 

- -  
L. r. . The ring weight is then given by 

L. r 
'j J j 

Y r  

'j J J - 1 -  

wR, j = PR (' nr j )  
~ @R (A61) 

C. Other Forebody Geometries 

For forebody geometries other than a spherical segment or  a conical frustrum, 
each subsection is treated structurally as a conical frustrum with an angle equal to 
the average of the extremity angles of the subsection. 

A.3.2.2.2 Afterbody 

For a ring stiffened shell afterbody, the thickness of the aftcover must be 
specified as input. 

A.3.3 KNOWN STRUCTURAL REQUIREMENTS 

In some cases the structural requirements may be known. In these instances 
the structural thicknesses for each geometric section of the forebody and/or for 
the aft cover may be specified as input to the program. For the honeycomb sandwich 
shell, both the face and core thicknesses can be specified. 
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A. 4 RECOVERY SYSTEM SELECTION PROGRAM 

A. 4.1 INTRODUCTION 

The Recovery System Selection Program (RESSEP) utilized within the General 
Electric Company to perform parachute selection on earth and planetary entry missions 
is herein described. A general description of the basic program and associated sub- 
routines is provided with a detailed analysis of the design subroutine, where retarda- 
tion system weights are generated. The primary application of the RESSEP computer 
technique is for preliminary design and parametric analysis purposes. 

A. 4.2 GENERAL PROGRAM 

RESSEP is programed in FORTRAN IV for the GE 635 computer. 

The program operation is conducted by the exective (EXEC. ) subroutine. Input 
requirements, options, trajectory, vehicle characteristics , etc. , are items dis- 
cussed in the input (INPUT) subroutine. The atmospheric data required, as well as 
that available within the program are detailed under the atmospheric subroutine (ATMOS). 
With this direction and information, the RESSEP program procedes through parachute 
sizing and selection (SIZSEC) subroutine. 
subroutine where the final unperturbed trajectory match point to impact loadings, time 
delays, etc. are determined. The final retarded trajectory is determined in the tra- 
jectory subroutine (TRAJ). 
in the last subroutine (DESIGN). 

Then it procedes through the staging (STAGE) 

Then the weight, r iser  line lengths, etc. a re  selected 

The various subroutines a r e  described below. 

A. 4.2.1 Subroutine Exec 

This subroutine merely directs the order of sequence of the program, and re- 
flects good programming practice. 

A. 4.2.2 Subroutine Input 

The inputs required to perform a deceleration system design and recovery tra- 
jectory are prepared. These inputs include: the terminal altitude and velocity; the 
reefing maximum force allowable calculation, the parachute type selection, the atmos- 
pheric, and the air snatch options; the drag, stability, porosity, loading, cost, and 
weight weighing factors; the values of vehicle diameter, payload mass, heat shield 
mass, and descent time; the unperturbed trajectory table of altitude, velocity , and 
path angle; and finally, if an atmosphere other than those carried within the program 
is required, a table of altitude, speed of sound, density and the gravitation constant 
for the desired atmosphere is submitted. 
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A. 4.2.3 Subroutine Atmos 

This subroutine contains the tables of altitude, speed of sound, density, and the 
gravitation constants for the most common atmospheres used for planetary entry. 
These include the 1962 Earth Standard Atmosphere, all current model atmospheres 
for Venus and Mars planetary entry, and of recent inclusion, the NASA Langley Min- 
imum, Mean, and Maximum atmospheres for Martian entry. 

A. 4.2.4 Subroutine Sizsel 

This subroutine has the capability of sizing and selecting the parachute and/or 
drogue chute types for the input mission. Selection of chute type utilizes input weigh- 
ing factors and is also dependent upon deployment, Mach number and dynamic pressure. 
Selection can be made from the following parachute types: solid textile, flat circular, 
extended skirt, ribless guide surface, and personal guide surface, ribbon type: ring slot, 
ringsail, Fist Ribbon, Modified Ringsail, and Disc-Gap Band, and for supersonic use, 
the Hyperflo type. 

Following selection, sizing is performed. Provisions are made for a maximum 
diameter, when fully deployed, of 100 ft; however, if necessary clustering can be 
accomplished, whereby the decreased effectiveness of clustered parachutes is also 
considered. 

- 

A. 4.2.5 Subroutine Stave 

This subroutine is by far the most complex currently within the RESSEP program, 

The basic philosophy of this subroutine is to start with the terminal conditions 
desired and to back up the unperturbed vehicle trajectory until a "match point" is 
obtained. If this cannot be done with onechute, provisions for reefing, and/or 2 
additional drag stages i. e., pilot, drogue, reefed main and main parachutes consists 
of four drag stages. Obviously, this is an interative procedure, and several initial 
approximations a re  assumed from which iterations can be made. Some of the considerations 
within this subroutine are maximum load calculations, filling time with and without 
reefing calculations, and opening shock calculations for each of the drag stages 
considered. 

A.4.2.6 '> 

This subroutine combines the results of the STAGE subroutine, the unperturbed 
trajectory, and the equations of motion similar to those of a point mass trajectory 
to determine the vehicle trajectory with retardation. Provisions a re  made for final 
f i l l  time and opening shock calculations. In addition, a "linearized" atmosphere loop 
is available when decelerations become small at lower altitudes. This loop significantly 
reduces computer time and print out in the cases where it is applicable (acc, 5 0.01 
g's) * 
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A. 4.2.7 Subroutine Design 

A. 4.2.7.1 Initiation 

The subroutine starts with the maximum drag stage number, which has been 
determined by subroutine STAGE earlier in RESSEP. Provision for reefing must also 
be made, i. e. , the reefed main is the same chute as the main, however, the drag 
stage number is different. 

A.4.2.7.2 Number of Suspension Lines 

The number of suspension lines is set equal to the parachute full open diameter 
in feet plus one. 

A. 4.2.7.3 Force on Suspension Line 

Suspension line force is then equal to the maximum force imported to the vehicle 
divided by the number of suspension lines. Safety factors a r e  then applied to this value. 
For the main chute, a safety factory of 1.75 is used, and for all other chutes required, 
a safety factory of 2.30 is used. Because of the possibility of small line force values 
under low loading conditions, a minimum strength value of 375 lbs. is employed, i. e. , 
if,  after safety factors have been applied, the suspension line force is below 375 pounds 
this line strength is selected. 

A. 4.2.7.4 Force on Riser Line 

This quantity is determined by dividing the maximum force imparted to the vehicle 
(including safety factors of 1.5 for main chute and 2.0 for others) by 0.6859. The 
0.6859 results from a multiplication of strength reducing factors such as strength 
loss at connection loops (20% i. e. , 0. 8), strength loss in material due to water vapor 
(5% i. e. , 0.95), strength loss due to abrasion (5% i. e. , 0.95), and strength loss due 
to fatigue (5% i. e., 0.95). 

A. 4.2.7.5 Length of Riser Line 

An initial estimate of the riser line length is taken as 71.5 percent of the full open 
chute diameter. A check is then made to see if this is equal to or  greater than 6 vehicle 
diameters. If it is, the r iser  length is taken as 0.2 of the full open chute diameter, and 
if it is not, the r iser  length is taken as 6 vehicle diameters less 71.5 percent of the full 
open chute diameter. 
sufficient distance down stream to see near free-stream dynamic pressure. 

This assures that a small parachute (drogue) is positioned a 

A. 4.2.7.6 Riser Line Weight 

This calculation is dependent upon two quantities, the riser line length and the force 
it must withstand. Both are known at this point. A table of standard riser line ulti- 
mate strengths (lbs. ) and accompanying weights (lb. /ft. ) a re  used where strengths 
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vary from 500 to 10,000 lbs. Thus, a comparison is made on the r iser  line force, 
with safety factor included, against this table of available r iser  line strengths until 
the internal tabular value exceeds the r iser  force requirement. The weight in lb. /ft. 
of this strength line is then multiplied by the riser length to obtain the weight of the 
riser. If the 10,000 pound maximum ultimate strength available is exceeded, a pro- 
vision has been made to re-cycle within the table and use a combination of lines to 
meet the force requirement. 

A. 4.2.7.7 Parachute Weight 

Parachute weights for light, medium and heavy construction, based upon data and 
plots from ref. A-3 a re  used as a basis for Ringsail canopy plus suspension line weights 
in the program (fig. A-2). 

Because the variations are linear on a log-log plot, they may be defined by an 
equation of the form: 

l /m Chute Weight = (Chute Diameter/a) 

where rrarr is a constant to define location (varies with material weight) and rrmcr is the 
slope. Thus, an internal table of ttacr and I'mrr values for each type of chute and for each 
material weight would be required. However, it has been found that the rracr value also 
varies linearly on a log-log plot with the suspension line force, i. e. , 

1/M a= (Suspension Line force/A) 

By incorporating tables of m, A, and M for each chute type and solving these equations, 
the parachute weight is obtained. 

The DESIGN subroutine first calculates the value utilizing the chute type, the 
suspension line force calculated earlier, and the tabular inputs of frArr and "Mrr from the 
internal table. It then calculates the parachute weight utilizing the chute type, the full 
open diameter, the tabulation input of t tmrr from the internal table, and the Irarr value just 
determined. 

!A. 4.2.7.8 Air Snatch Option 

If air snatch is desired, the main chute weight is increased by 11 percent to cover 
the increased weight and associated hardware required for the air snatch. This per- 
centage was determined from a careful analysis of the weight breakdown of several 
working retardation systems, which include the H 30A system, the GE 810 system, 
and the Apollo C/M system. 

A. 4.2.7.9 Final System Weight 

The final parachute system weight consists of adding the canopy plus suspension 
line weight to the riser line weight. A 25 percent increase in system weight is also 
incorporated to allow for associated hardware commensurate with the satisfactory 
deployment and operation of a retardation system. This value resulted from an eval- , 

uation of the weight breakdown of numerous working recovery systems. 
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A. 5 COVER EJECTION PROGRAM 

The calculation of the cover ejection characteristics is performed by a 
computer program following a method originally suggested by Wilcox, Reference A-4. 
The approach is basically to determine the relative acceleration between the cover 
and the vehicle. 

a .  e .  

+ Xvehicle cover 
= x  2 relative 

where .. . e  - + g  .. - 
cover xwake flow Xattached body external force 

X 

The 2 due to wake flow is that acceleration resulting from the drag force 
(positive or  negative) of the aerodynamic wake. The 
account for the force produced by another drag body located at another location in 
the wake and attached to the cover by a line (for example a drogue parachute located 
downstream of the cover and aiding in its deployment). The 'zi due to an external 
force (thrust, for example) allows a constant force to be applied to the cover which 

= x  
attached body external force 

= 0. This leaves the acceleration due to the wake flow. A reverse flow portion 
exists which tends to counter the ejection of a body until the body has passed through 
the wake stagnation point. This reverse flow sets up a drag force on the body which 
decreases its initial ejection velocity. If the drag force is sufficiently strong, it 
can cause the ejected body to return to the vehicle. Further, due to the deceleration 
of the vehicle itself, caused by its own drag and the lack of a similar freestream 
drag on the body in the wake until sufficiently aft of the vehicle, there is a tendency 
for the body to return to the vehicle. That this phenomenon of the body returning to 
the parent vehicle occurs has been demonstrated in wind tunnel, ballistic range and 
drop tests. 

due to an attached body can 

would aid in its deployment. In the present case, x 
4 

Since little was known of the magnitudes of the drag forces produced by the wake 
flow, GE conducted wind tunnel tests on the RVXl and RVX2 (1958) and Discoverer 
(1960) programs to determine the forces produced on relatively flat covers placed in 
the wake of a re-entry configuration. On the basis of these tests, measures of the 
magnitudes and directions of forces in the wake were made, and employed in the 
program. 

Since the velocity of the cover opposes the velocity of the reverse flow region and 
parallels that of the far  wake, it was necessary to break the force measured in the 
wake down to an effective dynamic pressure (q )* From this q the wake 

velocity can be calculated and the cover velocity added or  subtracted to arrive at the 
relative velocity. The force on the cover is then determined using this relative 
velocity. In order to perform the correlatim of available data, the measured force 
on the cover in the wake and thus the effective q 

W W'  

was assumed to follcw a sine wave w 
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variation from the vehicle base to the point in the wake where the force was zero 
(F = 0). 

From the point for F = 0 on downstream and exponential variation was 

K 
1.0 -e qW - =  

m cl 

where 
2*52 x F =  0 2.52X 

7.0 - XF - 
-- 

7.0 - X K =  
F = O  - 0  

ssum d. 

From these equations, the two parameters to be correlated are  (q /q ) max and w . 0  . xF = 0 
the computer program along with cover ejection veloci€y, mass freestream cmdil;iems, 
etc. 

These two correlations of static force data provide the necessary inputs to 

Using the wake model, the cover motion is calculated for incremental positions in 
the wake (increments of X/D = 0.05 are  usually used). Outputs from the computer 
program are  time, acceleration, and velocity of the cover as functions of location 
in the wake. 
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APPENDIX B 

SEPARATION T I P - O F F  ANALYSIS A N D  

V - B A N D  L O A D I N G  CONSIDERATIONS 

This Appendix presents the analyses of the loads acting on the canister 
separation joint and the tip-off imparted to the capsule as a result of separation 
from the Orbiter. 



B. 1 SEPARATION TIP-OFF ANALYSIS 

This analysis considers the tip-off imparted to the capsule (aeroshell, lander, 
retro rocket) as a result of separation, using simplified body dynamics. 

B. 1.1 ASSUMPTIONS 

1. There are no rates associated with orbiter at separation. 

2. Orbiter has the same pitch/yaw inertia and weight as the capsule. 

3. The attachment rings between capsule and adapter have flat contact pads 
and are not distorted; therefore their energy is equally released during 
separation and all spring energy is used for separation. 

4. The tip off occurring during the spring action is so small that the cosine 
vector is negligible for this simplified analysis. 

B. 1 . 2  CONCLUSIONS AND RECOMMENDATIONS 

The out-of-orbit mission without attitude control capability (Point Design 1) 
requires tip-off rates of less than 0.3"/sec. instead of 2.0°/sec. as the contribu- 
tion from separation. The recommended design is a modification of case "c" to 
allow for the added considerations discussed below. Pertinent data on the recom- 
mended spring and others discussed here is presented in table B- 1. 

To guarantee spring performance, it should be operated in the linear portion 
of its total available stroke; thus the available stroke is increased 20 percent over 
the required stroke from the separation energy requirements. In addition, to the 
above, trimming of the spring is required, and it is desirable to have the spring in 
a sub-assembly, completely bench tested and adjusted. For the proposed adjustable 
sub-assembly, it is necessary that the solid height (Ls) of the spring be longer than 
the stroke. The recommended spring material was changed from 302 to NS355* to 
reduce weight and eliminate load relaxation at the sterilization temperature. The 
spring assembly consists of telescoping sleeves with adjustable stops at both ends. 
The inner sleeve will be coated with Teflon on both inner and outer surfaces to 
minimize friction. 

*National Standard Company. 
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B. 1.3 SUBSYSTEM DESIGN FOR 2O/SECOND 

2 
110 slug f t  110 slug f t  IP 

1500 lbs 1500 lbs wT 

E 0.0 0.7 

Standard Manufacturing e r rors  of spring are: 

spring rate, k,  - *4.5% 

initial load, P, - *7.4% 

free length, L, - *3.6% 

The 1st cut separation springs for the capsule have an initial load of P of 51.0 lbs 
and a rate of 17.0 lbs/in. 

The torque producing forces are oriented such that the two springs with the higher 
force are contiguous and act with the largest moment arm. Using the notation from 
the sketch, then, the torque is: 

T = 2 F  R - 2 F  R H H  L L  

where 
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S I N 4 5 - E  2 
- - S I N 4 5 + E ; R L  = 

RH 2 

"*O p1.074) (28-98) - (.926) (27.58)l 12 T =  

T = 47.5 lb-ft 

Since the spring force decays as f (cos (t)), it is assumed that the average torque 
is 0.707T. 

The tip-off rate, W, is calculated from 

T t = I  W 

t = is the time of action of the springs, where 

t = 4% for one quarter cycle 2 

750 , where equiv. rnasdspring =-- -5 2 17x12x4x32.2 4 
I1 

= ( 750 

t = 0.266 sec 

The equivalent inertia of the two bodies, I e 

I =  e 

w =  

- - 

57 .3  Tt 

e I 
(47 .5  x 0.707 x 0.266) - -  - 

55.0 

9 . 3  O/sec, total relative tip-off rate between the orbiter and the 
capsule. 
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The rate for the capsule alone is 

W c  = 4.65P/sec, for equal inertia case. 

This rate is greater than the requirement for 2"/sec and by selective spring in- 
stallation and reducing c. g. off set it can be reduced to 1.5 "/set as follows: 

1. Select springs so that the load difference between diametrically opposite 
spring is less than 2 lbs. 

2. Reduce allowable c.g. off set to 0.1 inch. 

With the springs mounted as shown below (worst case) the tip-off rate becomes: 

SPRINGS Frt7.40/, = 51*3.75 lbs 

54.75 + 49.25) 28.38 - (47.25 + 52.75)28.18 
12 T =  

- - (2945 - 2818) = 10.6 lbs/ft 
12 

w c  = - x4.65 = l.O4"/sec 
47.5 

B. 1.4 SUBSYSTEM DESIGN FOR 0. So/SECONDS 

Tip-off rates can be further reduced effectively without substantial spring trim- 
ming and selection by increasing the spring constant. Increasing "K" by a factor "n", 
reduces ' I t "  by hi and consequently "w" is reduced by h. Although, theoretically there 
is no change in weight by varying the spring constant, the effect of increasing k is to 
reduce the number of active turns and thus the spring weight actually incrases because 
of the larger proportion to weight contributed by the "dead" end coils. A higher "k" 
also requires an increase in wire diameter with attendant lower allowable stress.  
Fig. B-1 reflects springs selected from a table, with the pertinent data sum- 
marized below. 

New spring design recommended for Point Design 1 (see table B-1 for spring 
detail data) spring material - National Standard NS355 stainless steel. 

Ult. Tensile Str. = 330,000 PSI for up to 0.159 inch wire 

Torsional Shear - 45% x UTS = 148,000 PSI 

Initial load - 108 lbs at 0.16'' from solid 

Final load - 12 lbs at 1.44" from solid 
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Max. load - 120 lbs. at  solid height 

Max. stroke, Xm = 1.60'' 

Operating stroke - 1.60" - 20% (1.60) = 1.28" 

Energy Req'd - 25.5 Ft/lbs 

lo8 -t 12) (1.28) (4 springs) = 25.6 Ft/lbs Energy Avail. - ( 2 12 

Control Spring Rate to 75 f 3% lbs/in 

Adjust Spring to 108 f 2 lbs Initial Load 

Install Springs, so that diametrically opposite springs have an initial 
load within . 5  lb. 

B. 1 . 5  TIP-OFF CALCULATION 

below. 

The 

The 

Worst case assembly condition, c.g. offset and spring alignment is depicted 

c.g. offset, E = - 1  

er ror  in SPG sact ion f ,025" 

E tot = f. 11" 

216.5 x 28 .39  - 215.5 x 28.17) 
T = (  12 

T = 6 . 3 2  Ft/lbs 

new tip off rate predicted on a worst case basis is 

effect of the initial assumptions in orbiter mass properties on the tip-off rate 
is as follows: 

Io x I C  

Ie Io + IC Wt - - , ~ e =  

1 . * . Wc - - thus the capsule tip-off 
IC ' moment of inertia. 

I11 

rate is independent of the orbiter's 
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The mass of the spacecraft affects the time constant. 

Wc-Wt- t -  4 M Y  
M e  = Mo x Mc/(Mo + Mc), therefore an increase in orbiter weight increases 

the tip off rate. This relationship is plotted in fig. B-2 for orbiter 
mass to capsule mass ratios of 0.4 to 1.6 .  Similarly, the effect of 
changing the mass of capsule affects Wc as follows: 

W C - w t - t -  @z7iiiz 
Tip-off rates imparted to capsules of different mass properties can be converted 

by using the following relationship 

where K is correction for orbiter mass from fig. B-1, and Mc is the capsule weight 
in lbs. 

I- 

w = 0.85 * K ,  deg/sec 
n I C  

B-8 
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B-2. V-BAND LOADING CONSIDERATIONS 

This appendix presents the analysis of the loads acting on the separation joint and 
the analysis of the V-Band to resist these loads. 

The factors directly affecting the normal load to be resisted by the band preload 
are: 

1. Internal pressure 

2. Canister diameter 

3. Load required to seal the joint - flattening load + "0" ring compression load 

4. Dynamic loads during launch and ascent 

5. Separation spring force 

The contribution of each of the above factors in terms of normal load/running inch 
of circumference which the band must provide to maintain a sealed joint is discussed 
below. 

1. Pressure Load: 

* 
D2 = 3 6 PD, lb/in - A P A  - -  = 

FN C 477 D 

2 
where b P  = Max Diff Pressure in, lb/in D = can. dia-ft 
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2. Dynamic Load on Forward Canister: 

2A W h  y c  A W  
F = -  c +  

D2 
N m D  

where A 
canister, W ’= weight of forward canister. It is assumed that the moment load 
is carried o$er an arc = to 1/2 diameter in length. 

A are booster accelerations, h = vertical height from c. g. of forward 
X’ 

For A = 5gts, A = 2.0gts, h =  12 in., W =40 lb., D =  8 ft. 
X Y C 

5x40 2X2X40X12 

7 ~ 8 x 1 2  (8 X 1212 
F = - +  

N 

= 0.66 + 0.28  = 0. 94 lb/in 

For Wc = 100 lb., D = 16 ft. (Canister weight increases 2-1/2 times when 
diameter doubles) 

FN = . 8 3  + . 1 8  = 1. 01 lb/in. 

This will be considered a constant force of 1 . 0  lb/in. 

3. The total force required to create a pressure tight seal has two contributors - 
one, the force to compress the trOft ring, which for 30 percent compression of 
50 durometer silicone rubber is 12 lb/in. and; second, the force required to 
bring the canister rings into contact. This later force is a function of out of 
flatness or waviness of the rings, and their inertia. For a uniformly loaded 
simple beam the uniform load w, lb/in. is given by: 

384 E I d 
4 w =  

1 1  

Three limiting cases were considered, based on manufacturing capability, where 
the unrestrained out flatness of the forward ring was: 

a) 0.005 in. max over a 12 in. length 

b) 0.50 in. max over a minimum arc length of 1/4 diameter 

III 

c) 0.010 in. max over a 24 in. length 
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It is assumed that the inertia of the aft ring + canister structure is 5 times greater 
than inertia of the forward ring and its light weight structure; whereby the clamping 
force brings the fwd. canister into contact with the aft canister. The ring cross section 
given in Figure 3.3.3-6, Vol. IV, Book 1 was used, where I = 0.062 IN4 and the ring 
material is aluminum. The Yoad for the 3 cases was: 

Capsule 
Load Condition 8 Ft 

AP 24-120 
. Dynamic 1 f 1/4 
"0" Ring Seal 3-12 
Flatness 1-2 

Spring *1*.02 

d = 0.005 in. ; w = 12.3 lb/in. 

d = 0.50 in.; w = .81 lb/in. 

d = 0.010 in. ; w - 2.0 lb/in. 

Diameter 
16 Ft 

48-240 
1 f 1/4 
3-12 
1-2 
.12*.02 

Condition (a) above cannot be tolerated because of high loading. 

4. Separation Spring Force: 

The force required to impart 2 FT/Sec Av  to a 40 lb. canister using a two 
inch spring stroke is: 

p = - -  MY2 - 40 x22 = 29 1b. X 32.2 x 2 

= 0.1 lb/in. - A P  29 
FN T D  nx 8 x 1 2  

_ -  = 

This force is negligible. 

From the above analyses it can be concluded that the normal force is largely in- 
fluenced by the choice of A P and the canister diameter. 

The nominal normal force, F N ~  can be expressed as: 

= 3 (A P) (D) + 15, 
FNn 
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The limit normal force, based on proof pressure is: 

= I. 25 r3 (A P) (D) I + 15, FNl 

The ultimate normal force, based on burst pressure is: 

= 1.67 r 3  (A P) (D) I + (15) I. 25 
NP 

F 

Fig. B-2 plots the above equations with the yield and ultimate factors incl. 

The relationship between the normal clamping force required and the tension that 
must be applied to  the band is obtained from the hoop tension equation and the slipper/ 
ring geometry. 

S 

S 
F 

R 

The tension force on the strap, Ft, produces a 
unit radial force FR, lb/in. 

, where D - &a. 
Ft - -  

FR-  D 

The rings act on the slipper with il force F such that 
S’ 

FR = FN tan e ; thus 

FN D tan 8 - 
Ft - 2 

The above equation gives the theoretical band load. It must be increased to 
guarantee the minimum clamping force needed for a tight seal by the following factors: 
10 percent variance in preload throughout the circumference and f 10 percent variation 
in actual load as obtained from the tensioning procedure. Therefore the nominal pre- 
load = 1.21  ft  and the maximum preload = 1.32 ft. The band must withstand this maxi- 
mum preload based on the limit normal load without yielding and because of the long 
duration space voyage, the allowable design stress will  be 60 percent of creep al- 
lowable stress. The band must also withstand rupture under ultimate load conditions. 
Fig. B-4 shows the maximum band preload for various internal canister pressures. 
The effect of decreasing the slipper contact angle, 8, is shown for 5 psid systems. 
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This approach would require additional separation testing, since most of the experience 
has been with a 20" angle. 

A band material of aluminum alloy 2024-T86 w a s  selected as having optimum high 
temperature, creep, temperature recovery, toughness , and notch sensitivity properties 
combined with high basic yield and ultimate stress. For the expected conditions, the 
allowable stresses are: (Per MIL-HBK-5) 

Stu - room temperature stress = 0.97 x 72000 = 69,800 psi 

Sty - after exposure to +3OOu F = 0.97 x 67000 = 65,000 psi 

Sty - at + 300" F = 0.82 x 67,000 = 55,000 psi 

Sty - creep allowable = 0.80 x 72000 x 1.1 = 63,400, psi 

(The creep allowable is increased 10  percent, because of operation at low 
temperature. ) 

Inspection of the load conditions and allowable stresses show that the limit load 
condition is the governing design case, therefore the parametric study of band size is 
based on yield stress. 
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