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1. INTRODUCTION

Hughes Aircraft Company's Space Systems Division, under contract™
to the National Aeronautics and Space Administration's Langley Research
Canter (NASA/LRC), has completed a study of various Mars Spipning
Support Module (MSSM) designs to be used by a landing vehicle in the Mars
1973 Program. The results of this study, which was conducted during a
2-month time period, are presented in three separate volumes that collec-
tively constitute the final report. :

This document, Volume I, presents a summary of the significant
technical features of the various designs studied, the guidelines and ground
rules directing the study, and a tentative program plan for design, develop-
ment, and delivery of support modules for the Mars 1973 mission.

Volume I presents the detailed analysis and data that supports the
design performance and parameter values selected. A large portion of the
information was zvailable irom past and current Hughes experience with’
similar spinning e2rth communications sateliites, and was -supplemented
with rew analysis and studies dictated by unique support module leature

Volume 11 presents program plan and cost 2stimates for the support
module desigrs considered during the study. This data is based on Hughes’
design, developrnent, testing, and delivery of similar systems from Syncom
through Surveyor to the present complex Advanced Technology and Intelsat
spacecraft. The backlog of actual cost data attached to the development and
fabrication of satellite components was obtained from the appropriate
Hughes divisions for use in estimating support module costs.

The NASA is considering a Mars 1973 missicn as one of a group of
missions directed toward exploration of the planet Mars using automated
spacecraft, with the primary objective of abtaining scientific data from the
Mars atmosphere and surface. Present plans envision two landing vehicles
being placed on'earth-Mars trajectories by separate Titan 1II-C boost
vehicles in July/August 1973, and landing on the Martian surface in
January/February 1974. The limited, but flexible, NASA budgetary con-
siderations result ir, a spectrum of mission and landing vehicle design
possibilities that satisfy Mars 1973 mission objectives. Hughes has been
directed by NASA/LRC to study a direct entry rnode mission utilizing an
aeroshell plus a hard landing vehicle with an attached supportmg module.

*Cc;ntract No. NASI-8638, August 30, _1968.



The function of the support module (SM) is to provide trajactory control via
earth command, relay telem<«try and commands to/from the earth, 'provide
power, and initiate function- ior the landing vehicle whiie enroute to Mars.
The SM will separate from the aeroshell/lander (A/L) near Mars encounter,
and be deflected to fly by Mars relaying entry and video data from the lander
to the earth, as the lander accomplishes the descent and post-landing oper-
ations. The passive spin-.stabilized, rather than three-axis, attitude con-
trol technique for the support module — aeroshell/lander (spacecraft) was
also speciiied as a key requirement for the designs.

In cddition to the direct entry mode of lander delivery, directives
were given to study a flyby mode mission wharein the A/ L vehicle is '
deflected from the SM near Mars encounter and slaced on an eatry and
landing path. The SM wili perform its relay function and immediately
initiate a braking maneuver with a propulsion system capable of substanmal
AV capability, placing it into an elliptical orbit about Mars rather than -
flying by. The orbit will be selected so the SM will pass over the iander
once each Martian day, relaying data to earth for the lifetime of the lander.

The study resulted in three different SM designs that satisfy the
specified mission requirements and Titan HI-C payload limitations; a flyby
SM which relays entry and video data (Flyby-Video Dataj, a similar SM
which reiays only entry data as it flys by Mars (Flyby-Entry Data), -and an
orbiting design which has the full video data capability in addition to its
- orbiting ana long lifetime relay capability (Orbiter). Several alternate
designs were also considered, but eliminated early in the study The study
. concluded with a comp:rison of the Flyby and Orbxter desxgn we1ghts and

prograrn costs. .

The requirement that a Mars exploratory vehicle shall have an
extremely low probability of contaminating Mars necessitates incornoration
of a sterilization prograzn into the Mars 1973 Program. Because of this, the
A/L must be sterilized before launch, regardiess of the particular mission
mode selected. The SM need not be sterilized if the flyby mode mission is
sclected (Orbiter design), but must be sterilized if the difect entry mode -
is utilized (Flyby design) because of the possibility of impacting Mars
should the deflection maneuver fail to be executed properly.

The remainder of this volume, presents the following information:

1) Secticn 2 presents a brief comparative summary of the three SM derigns
and the primary study conclusions. 2) Section 3, is a review of the general
and detailed guidelines and ground rules epecified or agreed to by NASA/
ILRC which arc the framework of the study, 3) Section 4 contains a mission
profile depicting major events and SM implications on the profile,
" 4) Section 5 is a descnptlon of the Flyby-Video Data configuration and
summary of the main subsystern design and performance, 5) Section 6 is a
similar presentation of the Flyby-Entry Data design and performance, with
emphasis on video versus entry design differences, 6) Section 7 contains a
description-of the Orbiter design, pointing out its key features, and 7) Scc-
tiun G presents a program pian for a Mars 1973 mission support module which
‘highlights major design, fabricatdon, testing, and delivery milestcnes for the
flight and associated test models and operational support equipment.

2
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2. SUMMARY/CONCLUSIONS

- SUMMARY

The gross characteristics of the F lyby-Video Data and Orbiter
MSSM designs which received the major study effort are illustrated in
Figures ] and 2. The Flyby-Entry Data design, which also received con-
siderable attention, is simiiar to the Video Data design, the primary dif-
ference being the incorporation of a much smaller square planar antenna.
Table 1 is a list of subsystem parameter values and characteristics for the
three MSSM designs. Since most of the SM design problems were asso-
ciated with the structural, flight control, and telecommunications subsys-
tems, the major study efforts were devoted to these subsystems

The Flyby-Video and Entry Data SM designs weigh 558 and 521
pounds, respectively, including the propeliant. The Orbiter design weighs
1120 pounds, including the reaction control and orbital inseriion system
propellant. These weights added to the A/L, adapter, and canister weights
result in total weights which are within the Titan IH-C payload capabilities.
The net weight margins are 105, 138, and 90 pounds, respectively, inter-
preted as available for SM, adapter, and canister contingencies.

The solar panel bou.ndmg circle diameters are 113 and 118 inches,
‘respectively, for the Flyby and Orbiter designs as required to accommodate
37. 4 square feet of solar panel area and the planar antenna The diameter
is limited by 2 necessity for adequate clearance between the paneis and
canister (or Titan 1II-C shroud for the Orbiter design). The Orbiter design
central cylinder neight, 38 inches, is greater than that of the Flyby design
(22 inches), becaunse it contains a solid propellant retrc engine. The struc-
tural layout and ughtwe1ght alurminum material selection is based on Hughes.
experience wu;h similar spinning earth communications satellites:

The attitude and reaction jet control system utilizes a standard blow-
. down hydrazine monopropellant design with ten 5-pound thrusters operating
in a pulsed mode to achieve velocity, attitude, and spin control. Four sun
sensors and a star sensor also are used to obtain attitude data. The Flyby
SM-A/L designs are passively epin stabilized, although the Orbiter design
requires a single active dunper to prevent dnft:ng of the spin axis.
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The major elements of the communications subsystem are the
S-band 18 and 21 square féet highegain planar antennae, and 40 watt-TWT
transmitters for the Flyby-Video Data and Orbiter SM designs, respectively.
These, along with the A/ L to SM UHF receiving capability, complete the
link for transmission of Mars scientific uata to earth. In addition, a 3-watt
transmitter, cross slot antennae, and backup antenna with complete redun-
dancy perform the remaining telecommunications function. The Flyby-Entry
Data design has a 3. 7-square-foot planar antenna and 20-watt transmitters
for the primary data lirk.

The remaining key design aspects are the power and thermai sub-
systems. The solar panels provide 85 watts of power at Mars encounter.
and two batteries, each with 283 watt-hours capacity and singly able to
' support the mission, sustain the high-puwer periods. The thermal design
utilizes a superingulation blanket and active louvers to maintain compart-
ment temperatures between 40 to 100°F. :

CONCLUSIONS

° The three MSSM designs synthesized and presented, ali of which satisfy
specific flyby or orbiter mission requirements and the allotted payload
capability of the Titan llI-C, are reccmmended as candidates.for the
Mars 1973 Program. !

® The utilization of spin stabilization, simple structural and subsystem
mechanization, backup modes of cperaticn, extensive redundancy: '
wide operating margins and the resultant-weight margins in the MSSM
designs, coupled with Hughes' extensive background with similar
vehicles, places a high degree of confidence in the study results.

e The potential developme:.t and integration problems have been mini-
mized by maintaining a simple mechanical interface and a single power,
command, and telemetry-line between the A/ L and SM designs

e The A/L design was simplified by the elimination of its spin control
system due to the SM capability to perform the spindown function prwr
to A/ L-SM separatxon . .

e  The questions associated with sterilization of the Flyby SM designs,
although not critical, are eliminated from the nonsterilized Orbiter SM
design considerations. These refer specifically to siar sensor photo-
multiplier tube and battery procurement and confidence in estimating
program plans and costs. ‘ '

e The Orbiter design offers the following sxgmflc.:mt advantages over the
Flyby designs:

I3

‘1) ‘Greater Mars scientific data return because of its periodic com-
munication with the A/ L while in Mars orbit.



2) The potential to return a significant quantity of data while in orbit,
even if the initial entry and video data were lost,

3) The possibility ¢f incorporating scientific instrumentation for
gathering data while in orbit, This feature would also allow some
mission goals to be achieved even if the A/ L failed.

The estimated cost of a Flyby SM ‘pro>gr_am is $1.7 M more than the
cost’of a similar Orbtiter SM program. The Orbiter cost is reduced
because sterilization_is not required.

P

TABLE 1. MSSM DESIGN SUMMARY

e - i |
3 . i . Flyby . :
i . . : - —r——i Orbiter
: ; Video : Eatey teolid propeitant:
: . - —— — — e e S |
© Werghts, puunds . -
Support mwduaie SSK 521 ii20
Anroshell/lander 100 110G | 118
Adapter canisters 1k . © 3B - 344
lotal t2020 ‘ 19k 2650
Margin (SM, adapter, an:stera 105 . 134 S0
Dimensions .
Solar panel arca. square feet 3T.4 ) 74 3T 4
Solar panel vuter diamietsr, Inches 113 (i LT v
SM cvlinder, diameter‘heght, inches ¢ 7.5721 5 a0 e TL8 2050 T2 838
Al dijameler, tnches a2 121 124
Canister, diameler ‘heightl, inches ' 125783.4 L2570 B S 123001 <
Fhight Conirat/ fPropulsion °
Athityde /velooity jets [ N t I3
Spin iets - . v+ 3 4
Sun’slar sensers, accuracy Co4i1, <1 400, i 474, ~ 1
AV acruracy 8% 3% s,
{ wecuracy 2.8 2.0 2.4
Hydrazine RCS
Tank diameter, inches 4.2 RN 4.2
et thrust, pounax ! to 2 EROEE 3to 3
Propellant weight, pound: i 10 115
Retro ongine weight, pounds 4ok
Retre AV capability LT km s
Nutation damper Passive Pass:ve Active
‘ . mercury tube mercury tube acuvel, ‘motor
Communicatlions .
Planar antenna ga'n, dB 28,2 22,0 30.)
High-gain antenna bramwidth 5.27 i14r 4. B
High-ga:n anirnnu area, square tedt 17,9 3.7 S22
S-band tragamit power, walts 3/ 40 5120 130
S-band {requency, uprdown, MHz T11872296 2113772068 211372265
link ranges, km , . {
S-banr . s e w10 inh x 10 182 x 10
UHF entry 5530 . “535 10 80350
UHF video ) «5000 ' 55600
Bit Cate capahility . ’ .
Telemetry, bits por second 7000 2030 o000
Commands, bits prr srcung 2300 2300 23060
Crons-alol antenna gain, 1777, dB -1 -1 -
Turnstile untenna gain, dB z-v T >4
i"HE receive antennasx o, L2 Ndipoles 1o, 172 A dipuirs e, 172 L dipoles
UHF recetve antenn. gain, df 2 4.2 2.4 2 2'.4.2 .
AL trananut powey, walls L4 16, . 0
Al attenna garn, 707 dB o0 0 0
UHF {frequency, Mir 400 ‘400 400
Power X
Sular panel povier, watts ©OZRS F 3 > 85
- oy cr . calt “ 5 By, 17
ﬂi‘iﬁ"&'&;r capacily, watt-hoors K‘g‘(-'ln Zz'- 7 ;;;’.'7.:; ‘
. Year No

- Sterilization Required : Yes

e e o it i v Rkt o A e S SR SO



by NASA/LEC were recogaized

aﬁh&ﬁ ﬁhh t $o changs and various interpretations .
Snomune of the ﬁﬂtﬂt; inhermt in the dars 1973 Program plaaning® and

pmﬁl - ‘These circumstences led 1o 3 lovse interpreta- - -

t&dmd&wﬁrﬁn M&quumwm -
A ‘ratber than bard grownd rule, approach

C m&ewmmmﬁw The resultant guidelines used

h&m—*&o&haﬁm&ﬂmmagx«ﬁmm
 dwlly srve gresonted in the following paragrephe, The Flyby-Entry Data -
© . etelly wtilised the sampe directiver as the ’V‘ﬂeow;stedy wik.om:hi-; ’

mawmuvaomﬂmm

!‘L’!’I‘i - m RTA

. r'l‘he Mars 19?3 mission ﬁali haVe two :pacecna, launched by separate
© & Titaa HI.C boosters, piaced on earth-Mars trajectories, with the land-
'_hgsul‘irs Mhy waa”. ’ﬂle m;ﬁunui ézte: are: -

"+ Lauach - Jaiyxzwms. 1973 dethoAugustll 1973 -
A_rrivsbkmyll. 1974 . Jannary 22 1;9?4 -

° mmmmmﬂuwmuhnrm spacecraft to Mars,

. ‘l‘hempybadcq-&htyoi&e Tzhnm-Cﬁ:rthunuumn
- - period is 2080 pounds, wh.c*mclnﬁesthgc&prbetweenthe
V'rmnm~Ch¢m¢eaﬂt..ecapmle

s ThwpmﬁhétuLaﬂm-uMmFmrelM
the actes! dimensions were chaaged throughout the study, the generai
layout was used. The A/L shall weigh 1100 pounds. The acroshell, -
mmm.dm:mnmumwam

" _ the study. The thruster (doflection rocket) shall be removed, interface
' -thﬁaod,udmmrnwtoumﬁum.

*Titkz Mars '73 Mission Definition (For Planming Pnzposec Omly), No.
M73-101.2, Ang. 12, 1960; Mars 1973 Reference Mission Design (blrect

Ewtry, !‘ot?h—dq!’amou Outy), Ne. M73-103-1, Jume 26, 198,
Mfuc ‘ 7
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The capsule orientation and adapter design shall be determined during
the study. The Titan III-C last stage and shroud characteristics shall
be a consideration in their selection.

The SM sha'i be attached to the A/ L and encapsulated for purposes of
heat sterilization. A ternperature of 135°C shali be applied to the cap-
sule for a 24-hour period.

The spacecraft (SM and A/L} is spin stabilized during the mission.

The SM shall fly by Mars by performing a deflection maneuver no
earlier than 1 day before Mars encounter.

The SM shall relay A/L entry data at a rate of 2000 bits per second,
and a total of 107 bits 6. video data at a nominal rate of 16, 000 bits

per second. The videc data will be availibie from the lander -2 minutes
after landing. The Flyby-Entry Data design shali have capakility to
relay only entry data at 2000 bits p=r second.

The interface requirements between the SM and A/ i shall be minimized
and simplified. ’

The SM program shall have a high reliability and minimum -ost,
utilizing existing and proven hardware and design techniques.

The SM: shali have a midcourse correction capability of 65 meters/
second.

The SM velocity control accuracy : .all be significantly better than the
orbit determination accuracy 5 to . days before Mars encounter.

The planetary entry angie shall be between-18 and-30 degrees.

The Jet Propulsion Laboratories Deep Space Net (DSN) shall be used
for communicating with the SM during the Mars 1973 mission. Two
210-foot diameter antenna systems will be available, one each at
Goldstone, California, and Woomera, Australia. The output power
chall be 400 kilowatts, and the receiver noise based on 33 +3°K.

Telemetry data from the A/L shali be transmitted by the SM at a rate
of 1050 bits per hour during the cruise phases of the mirsion. A rate
of 2000 bits per second shali be required prior to separation of the A/L
‘from the SM.

Commands from the DSN shall be suppiied to the A/L via the SM during
the cruise phases of the mission. The nominal command word length
shall be 21 bits.

The SM shall have a transponder operation to enable the DSN to obtain
range anc range rate data for determinatior of the spacecraft trajectory.



] The SM shall incorporate a sequencer to automeatically initiate A/
functions prior to A/ i separation from the SM.

° The SM shail reccive entry and videu data frem the A/ L at a frequency
of 400 Mlz (UHF). The A/L shall supply 35 watts of power f{or entry
data and 50 watts of power for videc data transmission.. The A/l shall
have two cavitv back slot antennae with <6 dB of gain zlcng the A/ L
axis of symmetry, fulling oif to 0 dB of gain 70 degrees off the axis.

e The SM shall suoply 25 watts of continuo—s pcwer to the A/l during
the mission.
e The SM shall incorporate two battery chargars fcr the A/ L use during

the mission.

ORBITER

Although many cf the Orbiter guidelines are 1dentical or similar to
those of the Flyby design study, there are differences in and additicnal
<uidelines, which are as follows:

® The launch and arrival dates are:
| Spacecrait | Spacecraft 2
‘Launch - July 13 to August 10, 1973 ‘July 20 to August 12, 1973
Arrival - January 30, 1974 February ¢, 1974

e The Flyby Mode shali be used to deliver the spacecraft to Mars. ~

e The maximum payload capability of the Titan IIl-C for this lower energy
mission period is 2650 pounds, which inciudes the adapter.

e The inboard profile shown in Figure 3 was initially intended for use
with an Orbiter design. The actual dimensions used were the same as
those of the Flyby SM study. The A/L shall weigh 1186 pounds, which
includes the solid rocket and interface structure.

® The SM will not be sterilized; therefore, it need not be inside the
canister.

? Since the initial trajectory is a Mars fivby path, th: A/L shall perform
a deflection maneuver no earlier than one day beicre Mars encounter
to place it on a landing course.

.

10.



The SM shall execute a braking manecuver after performng its relay
function f‘identical to Flyby requirements), which results in the SM
attaining a2 1000 x 33, 000-kilometer aititude elliptical orbit about
Mars. The SM shall have a 24. 6-hour. period orbit, which is syn-
chronous with respect to the lander. The relaying of data during the
initial fiyby is a primary mission goal. The attainment of orbit :s
secondary.

The SM shall relay data fro..a the A/ L during each cemmunication
period for a2 minimum of 3 days.

11
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4. MISSION PROFILE

The sequence of events for the Flyby and Orbiter design missions
are aimost identical from earth launch to A/L-SM separation near Mars.
The series of events differ after separation because: 1) the Flyby-Videc/
Entry Data SM designs must perform a deflection maneuver, wherears the
A/L lander performs this function in the Orbiter design concept, 2) the aft
canister must be removed from the Orbiter SM, while it remains with the
third stage of the Titan III-C in the case of the Flyby SiM design, and 3) the
Orbiter SM executes an orbital insertion maneuver, and the Flyby SM does
not. The mission events which apply to the Flyby-Video Data (or Entry
Data) design constitute the mission profile presented in this section. The
significant Orbiter design differences wiil be presented in Section 7.

The Mars 1973 mussion will begin at Cape Kennedy during the July/
August 1873 period with the spaced launching of two Titan III-C vehicles,
each carrying an A/ L-SM spacecraft. A minimum of 30 days is desired
fer the launch period, with a 2-hour iaunch window for each day. The
mission profile is slmost identical for each spacecrait, the primary differ-
ence being-a 10-day spacing in the January 1974 Mars arrival dates.

The boost phase utiiizes the parking orbit ternnique to enable the
third stage of the Titan III-C to place the spacecratt on a nominal direct
entry trajectory to Mars. While in parking orbit the forward portion of the
sterilization canister is removed, thereby exposing the aerosheil of the
spacecraft. After the third stage and payload have attained the proper
injection conditions, an attitude maneuver is performed by the third stage
tc positicn the spacecraft for the desired cruise orientation. This is fol-
lowed by separation and spinup of the spacecraft, leaving the aft canister
and adapter attached to the last stage, which subsequently performs a retro
maneuver.

The initial spacecraft spin speed of 25 rpm is imparted by the SM
spinup control systern. The epin axis direction is allowed to remain
gyroscopically fixed with respect to ar inertial reference system for
approximately the first 96 days of flight. The spin axis direction, which
is initially within a few degrees of the ecliptic plane and at an angle of
45 degrees with respect tc the sun's direction (Figure 4), has been selected
on the basis of sustaining adequate solar panel power generaticn and ther-
mal balance, spacecraft tc eartn telecommunications, and having the proper

13
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sun/star sensor geuvmetry at attitude determination and irajectory control
times. The wide range of acceptable SM spin axis orientaticns permits

a high degree of flexibility in designing the mission oy the Mars 1373
Program. '

The A/l subsystems will be commanded and mwnitored via the SM
immediately after injection, and the SM will begin supplying 25 watts of
continuous power to the A/ L and acting as a tracking beacor for the DEN.
Early in the cruise phase of the mission, SM sun and star sensor data wili
be telemetered to the earth, and the spacecraft attitude established tv well
within | degree. The SM cross slot antenna will be used f{or telecommuni-

cations during the first 90 days of the mission

The mission has been designed to accommodate a maximum of four
midcourse velocity corrections for a total of 65 meters/second, aithough
only two or three are likely to be required to compensate for injection
21 ,rs and achieve the high degree of final trajectory control accuracy
necessary for landing. The first velocity correction is nominally planned
for 5 days after injection, and the second at 30 days based on propeilant,
tracking accuracy, and execution error considerations. The corrections
are performed without changing the spin axis orientation by using the
pulsecd jet reaction cuntrol technigues utilized on Hughes communication
satellites. ’

To sustain adequate communications from approximately 90 days
after earth injection to Mars encounter, the spacecraft spin axis must be
changed, at most, four times to keep the earth within the beamwidth of the
high-gain planar array. The attitude maneuver times selected will ensure
that tracking and orbit determination accuracy are not degraded. Also, the
final two midcourse currections will be performed during this period, with
the last cne occurring 5 days before Mars encounter.

The A/Li separation from the SM at 12 hours prior to landing
(Figure 5), is preceded by a complete checkout of the A/L, loading and
verifying commands for the SM automatic sequencer, initiating A/L sub-
systems, first spacecraft attitude rotation toc align the A/L for entry, and
a spin down to 5 rpm by the SM. A/L separation is then completed and the
SM spun up tc 60 rpm and re-oriented to direct the planar at the earth.
Communications are maintained with the earth during this period via the
cross slot and high-power transmitter, and the UHF link provides for A/L to
SM communications. This phase i, cu...pleted with a velocity man®uver of

T

100 meters/second being imparted by the SM to deflect onto a Mars fiyby path.

The SM will utilize the high-power transmitter and planar antenna to
relay A/L entry and video data back to earth i maxinmum range of 160 x i0
kilometers) during the {inal flyby phase of the ryission. A nominal bit rate of
10, 000 bits per second will be used to return 10’ bits of videc data to earth
during the postlanding data gathering period of the Mars lander. The SM
trajectory periapsis altitude is ncminaily 2700 kilometers. The A/L-SM maxi-
mum conmimunications range prior to landing is 5530 kilometers, and during
video transmission, 5000 kilometers. Due to trajectory and Mars atmosphere
uncertainties, the post-landing time can vary from 13 to 24 minutes.
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5. FLYBY DESIGN - VIDEO DATA

VEHICLE CONFIGURATION/WEIGHT

Confiﬂzration

The Flyby-Video Data SM design inboard profile is shown in Figure 6.
The major structural features include a 67. 5-inch diameter cylindrical
section, eight trapezoidal solar panel sections arranged radially about the
central cylinder, sixteen pane! support struts, main equipment circular
shelf in plane of sclar panels, 69-inch diameter high-gain anienna support
ring, and necessary support arms, insulation material, and active thermal
control louvers, The subsystem equipment is arranged withinthe cylindrical
section to achieve static and dynamic balance and is mounted to satisfy
theymal, volume, assembly, and testing considerations. = The materials
selected (mainly aluminum) and design practices incorporated are similar to
those used for Hughes communication satellites. The structure, as is the
rest of the SM, is designed to withstand the high sterilization temperature.

The simple cylindrical section allows ample volume for eqmpment
and matches the A/L and booster adapter interface dimensions. The
‘strength of the semimonogque cjinder satisfies the reguirement to support
the 1100-pound A/L and its own equipment during the high acceleration
and vibration boost periods of the Titan III-C. The length of the cylinder
minimizes A/L interface structure and canister weight and enhances spin
axis stability of the SM and total spacecraft. Two active thermal louvers
‘which dissipate transmitter heat energy are attached about the cylinder.

The trarezoidal shape of the solar panel sections will facilitate
manuiacture and assembly. The outer 113-inch diameter bounding the panels
is set by the aft can:ster dimension, UHF antennae and spin jet mounting,
and margin required to achieve spacecraft separation at earth injection.

The inner dimension of the panels allows for the maximum planar array
diameter and clearance for interfacing the SM and adapter while maintaining
37. 4 square feet of panel area to supply the required 85 watts of power at
Mars encounter. A series of struts attached oehind the panels and to the
cylinder provide support during the boost phase. The panel cells are n-on-p
ivpe with a fused silica cover slip.
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The S-band high-gain antenna is at one end of the SM above
four thermal louvers that support and radiate throurh it. and is constrained
by a b0-inch diameter ring. The antenn: is constructed from rectangular
cross slot cavity sections, and is energized by a waveguide running from
the transmitters within the SM cylinder to its back surface. An integral
part of the antenna is a special cross slot antenna located in its center and
used for communications primarily during the early mission phases. The
antenna height wil. enable a solar energy incidence angle ot 40 degrees to be
used without shadowing the solar panels.

The majority of SM equipment; electronics, batteries. and propellant
tanks, are attached to one side of a shelf that is fastened to the cylinder in
the plane of the solar panels. The fcur louvers and planar antenna are
attached to the opposite side of the shelf. The shelf is designed to support
the equipment while undergoing heavy loads during boost. The sheli concept
enhances accessibility, testing, and installation while the SM (s in develop-
ment. The shelf also conducts heat from the equipment to the louver system.
The equipment not attached to the shelf are the transmitters with their
TWTs and the attitude control system mercury tube nutation dampers, that
are all mounted about the cylinder wall. A thermal blanket surrounds the
equipment and closes off the other end of the SM -ylindrica! section. A 40 to
100° F temperature is maintained within the equipment compartment by the
thermai blanket/louver control system.

The four spin jets and four sun sensors which are used in the attitude
control system are monated to the panel support struts just below the pane!
outer edges. The two radial control jets and a star sensor are mounted
below the panels on the struts and cylinder, respectively. Their lccations
are ~hosen to eliminate jet impingement and stray light problems. In addi-
tion. one jet thrusts through the spacecraft and the other througzh the SM
center of gravity. The remaining four axial control jets are mounted on
arms that swing out from the panels. The two arms place the jets far
enough outboard such that jet plume impingement on the A/L is insignificant.
The use of coiled propellant lines to supply the axial jets will eliminate
internal line flaking, trapping potential valve-jamming materials. and will
provide a spring action for arm deployment. The system design allows for
mission completion even if both arms should fail to extend, since two of the
axial jets protrude past the panels while in the stowed position. Backup
antennas are also mounted on the deployable arms.

The SM design includes such items as adapter and A/L interface
separation mechanisms and necessary electrical lines and harnesses.
Although these items are not shown on the drawings, they are accounted for
in estimating SM weights. 2

Weight
Table 2 lists; the SM, A/L, adapter, and.canister weights which form

the total launch weight (not including shroud). The A/L weight was fixed
early in the study by Hughes-LRC agreement, and the adapter, canisters,
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TABLE 2. MSSM - LAUNCH WEIGHT DISTRIBUTION,
FLYBY - VIOEO DESIGN

Weight, 1|
Item _ pounds |
.
Aerochell/lander. ‘ 1100.0 1
SM weight (Includes 51 pouns contingency) 557.9 |
SM/booster adapter 117. 2
Structure 77.2
| Umbilical - 35. 0
Pyrotechnic separation logic 5.0
Aft caxniste’f 181.8 !
Stracture ‘ 128. 8
Pressare and vent 3 '50.0
Separaticn hacness 3.0
Forward canister : 66.0
Launch weight 2025. 9
Titan payload 2080
T&d contingency for SM, adapter, and canisters 1451

ard SM weights determined as part of the study. The adapter and canister
weight estimates iaclude provisions for cables, pyrotechnics, and pressure
contrsl witiin the canister. The SM weight includes 51 pounds for contin-
gencies. The difference batween the Titan III-C payload capabiiity and

total launch weivht is 54 pounds. If the A/L weight is assumed to contain its
own margin, 105 poundl (51+54) are available for SM, adapter, and canister
contingencies.

The basic subgystem weights which constitute the total SM weight of
558 pounds zre listed iz. Tabie 3. A major portion of the weights ic based
on similar Hughes equipment weights. The propeliant weight includes
11 pounds for contingency which, added to a 40-pound (10 percent)
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TABLE 3. MSSM SUBSYSTEM WEIGHT ALLOTMENT.

FLYBY DESIGN - VIDU™ DATA

Item

Weight,

pounds

RF Subsystem
3-watt transmitter (2)
40-watt transmitter {2)
ttigh-gain antenna (1}
UHF antennas {16)
Turnstile antenna (2)
S-band recciver {(2)
UHF receiver (2)
RF switches (2)
Coaxial cables and attach clips
Cross slot omni
Diplexer (3)

Signal Processing
Central command decoder (Z}
Central signal processor
Command sterage and sequencer (S/M)
Sequencer (A/L)

Propulsion
5-pound thrusters (10)
14, 2-inch diameter tanks (4)
Valves, lines, filters, and pressurant
Propellant (includes 11 pounds contingency)

Flight Control
Flight control electronics
Star sensors (1)
Sun sensors (4)
Local cables, cornnrectors, and clips
Nutation damper
Acceleroineter and acceleration switch

Structure
Upper ring
Upper cylinder
Central ring
Lower cover
Equipment shelf
Thermal blankets and tie downs
Upper thermsl blanket support
Harness :
Solar panel support tubes
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TABLE 3. MSSM SUBSYSTEM WEIGHT ALLOTMENT,
FLYBY DESIGN - VIDEO DATA - Concluded

Weight,
Item pounds
Balance weights 4.0
Thermal control louver (6) 15.5
Radial jet supports (2) 1.2
Mechanisms 14. 8
Se yaration mechanism I1.6
SM/lander 4.8
SM/.dapter 6.8
Axial jet deployment (2) 3.2
Flectrical Power 84.1
Solar panel-{sukttrate, cells, interconnections) 36. 8
Boost regulator 8.5
Battery charge regulator (1 S/M 2 A/L) 10.5
; Battery (2) 28.3
Total 518.1
Contingency : 39. 8
Total support module weight ) 557.9:

contingency on SM dry weight, yields the 51 pounds shown in Table 2. An
A/L sequencer and two battery chargers are included in the SM weight. The
SM structaral weights are based or reasonable design strengths, including-
an additional 10 percent weight increase for sterilization: The SM struc-
tural weight is approximately 16 percent of the dry weight, which compar=s
to the 10 to 15 percent values for Hughes spacecraft.

Table 4 presents the moment of inertia estimates for several loading
conditions. The spin-axies (roll)-to-pitch moment of inertia ratic is well
above 1.0, thereby ensuring stability about the SM spin axis during the
entire mission.

ATTITUDE AND VELOCiIiTY CONTROL/PROPULSION

The spin, attitude, and velocity cortrol of the spacecraft is imple-
mented by the SM utilizing components, subsystems, and techniques which
have undergone extensive flight experience in spin-stabilized missions,
including Syncom II and III, Intelsat I and II, and Applications Technclcgy
Sateilites (ATS) 1 and 3. Additional “light experience is in the offing on
ATS-E, Air Force Tactical Communications Satellite, and Intelsat IV, which
are currently in various phases of flight vehicle development. The basic
elements of the system are a spicning spacecraft with adequate gyroscopic
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- TABLE 4. MOMENTS OF INERTIA, FLYBY - VIDEO DESIGN

I
I Vehicle State Slug-ft2
1;
A/L and SM
- Fuall fuel
; ‘Roll 390.9
; 95,2
| Ipitch 293
40 percent fuel
IR 382.2
e
Ip 289.2
SM !
40 percenrt fuel
In 72
Ip 37.6
Zero percent fuel ’
g 64,8
Ip 34.0
25
" e L BRI i A e R




stability; spinup/spindown, axial and radial jets; sun und star sensors to
determine spacecraft attitude and control the jets: jet control electronics:
nutation dampers, and a pressurized monopropellant hydrazine svsten that
supplies the reaction control jets, Figure 7 illustratcs the layout of the
reaction contrel subsystern, and Figure 8 is a block diagram of the flizht
control electronics,

The four spin jets are mounted in pairs at the edgne of the solar pan-
els and are used initially to spin up the spacecraft to 25 rp. m for the mis-
sion cruise phase. The spin jete are required to perform only two nrore
times: to spin down the spacecraft to 5 rpm prior to A L separation, and
then spin up the SM to 60 rpm for the flyby phase. An accelerometer
tcenirifugal) terminates the spinvp operations and a centrifugal switch the
spin down maneuver, The spinup speeds are based on a consideration of
stability and jet control performance. A wide variation in these speeds is
acceptable, the values given are only representative. The 5 rpm imparted
to the A/IL. maintains its stability prior to entry, thereby eliminating the
need {0r an attitude control system. The spin tolerances are not critical;
therefore, a simple inexpensive zpin control system sufiices.

Attitude and spin axis direction velocity control is achieved through
the use of four axial-directed jets located outboard the spacecraft on extend-
ible arms (see Figure 7). The arms provide a large lever arm for the
small, S-pound thrust jets, and allow for jets thrusting in both axial direc-
tions without producing a s'gnificant jet exhaust gas impingement on the
A/L. Attitude changes in the spin axis direction are produced by opposite
jets, acting as a couple, which are pulsed in a desired average inertial
direction, causing a transverse torque that precnsses the ‘angular momen-
tum vector. The couple eliminates unwanted translational velocity com-
ponents.” Although only two jets are needed {(one if couple requirement is
waived), a2n additional set is provided for redundancy. Tne SM, operating
open-loop, can maintain its attitude to within the 2. 6 degrees (37) required
for accurate pointing of the planar antenna after A/L separation.

The continuous firing of an axial jet(s) produces a velocity change
along the spin axis without causing a caange in spacecraft attitude. The use
of an additional radial jet, which is "pulsed’ along a direction through the
vehicle center of gravity, with the axial system allows velocity corrections
to be executed in any direction without requiring a spacecraft attitude
change. Two radial jets (see Figure 7) are attacled to the SM, one through
the total spacecraft center of gravity and the other through that of the SM
for use after A/L separation, The ability to perform velocity corrections
without changing the vehicle attitude allows earth communications to be
maintained, especially near Mars encounter, on the kigh gain antenna., A
velocity correction accuracy of 4 to 5 percent of the total correction can be
readily obtained with this system, based on previcus experience with pre-
flight calibration data and inflight temperature and pressure measuremernts
of propellant systemns. This accuracy satisfies the requirement of not sig-
nificantly degradiug trajectorv control accuracy, as limited by orbit deter-
mination. while performing the encounter minus 5-day velocity correction.
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Orbit determination accuracies of from 60 to 70 kilometers (37), in Mars
miss cecordinates, will not be significantly degraded.

Control of the jets is effected by an electronics system which has
been flight proven many times and is known, since its inception at Hughes
in 1959, as the jet control electronics \JCE). The primary feature of the
JCE is a synchronous controliler which initiates jet pulses of any desired
duration, spaced one spin period apar', starting at any desired point in the
spin cycle relative to a plare containing the spin axis and spacecraft-sun
line. This 'start angle ' remains constant during any particular maneaver,
even though the plane is moving during the maneuver. The essence of this
mode, known as a rhumb line precessicn, 1s that a given initial attitude and
desirced final attitude explicitly define the 'start angle for the jet pulses.
The JCE synchronous mode, Figure 8, provides the spin synchronous pul‘e
control for the axial jets precession. AP, and radial jet velocity, V.
modes. The JCE also provides for continuous [iring of the axial jets for
velocity corrections. The flexibility of the JCE is supplemented with a
simple backup 'quadrant mode’ of operation in the even. of a fallure in the
JCE phase lock counter. -

Four sun sensors and a star sensor on the SM provide attitude infor-
mation. In addition to spin axis attitude data, the sun sensor cutput puises
are a reference for initiating the JCE. The sensors basically provide two
pulses with a time difference proportional to the angle between the spin ax:s
and sun line (or star line). The sensors alloaw for spin axis attitude deter-
«nination to within 0.5 degree. The attitude control system also utilizes
mercury tube dampers to maintain reasonable nutation h.stories during
maneuvers. '

Table 5 summarizes the attitude and velocity control system ner-
formance for the spacecraft and SM by itself:

The propellant tanks, lines, thrusters, and associated hardware
system are of all-welded construction to minimize weight and leakage The
complete system is tested and then installed into the SM as a single unit.
L.iquid' and gas manifolds and all compunent attachments, except thrusters,
use welded joints. High strength titanium is used foy the tanks, lines, and
gas and propellant fill valves, and the pressure transducers are of stainless
steel. Where titanium-to-stainless steel joints are reguired, diffusion-
bonded transition joints are used. A propellant mas; fraction of 0. 85 is
typical as a result of design efforts to minimize tankane and fixed hardweare
weight, Catalytic hydrazine thruster designs are available from several
suppliers, incliuding Rocket Research, Walter Kidde, and Hamilton Standard,
the latter thruster design having been successfully flown on ATS and sub-
je~ted to a wide varieiy of spacecraft maneuvers over the past year.

The monopropellant. hydrazine system has four 14. 2-inch diameter
tanks filled to 55 percent with 120 pounds of propelilant. The propellant
includes 11 pounds of contingency and satisfies the requirements of
65 meters per second for midcourse corrections, 100 meters per second for
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the deflection mareuver, and the remainder for attitude and spin control
operations. Nitrogen gas at 125 to 275 psi. and centrifugal force expel

the propellant, Table 6 lists the design characteristics of the reaction

control system (RCS).

A typical arranger¢ it of the RCS is illustrated in Figure 9. Shown
are two independent units, -:ach consisting of two tarks, five jets, and
associated egquipment. If aa element in one fails in a specified sense, the
mission may still be completed with the other unit. Nominal mission per-
formance requires cperation of both systems, since they each contain half
of the required total propellant load of 120 pounds. The inclusion of a valve
between the propellant lines of each uait, similar to that of Intelsat IV,
would supply the total propellant to both units. FEach tank contains a temp-
erature transducer and each unit a pressure transducer, the data being
necessary for utilization of the jet calibration curves. .

The spin-up/d~spin jets operate in pairs to produce a pure couple.
Note that a spin change requires both tank systems to produce the pure
couple about the epin axis. This arrangement simplifies the plumbing,
requiring only one feed line to each spin jet cluster. Should one of the RCS
systems be lost, spinup or despin may still bpe a~complished with a single
jet (one jét for spinup, one jet for despin), although the dynamic perform-
ance would be somewhat degraded. lLoss of cne of the RCS systems would
not be a serious faiiure mode for spin changes, provided adequate propel-
lant remained in the other system to eflect despin and MSSM spinup.

" The axial jets operate in oppositely dirécted pairs to produce a pure
couple for re-orientation and in unilirectional pairs to produce axial V.
As 1n the spinup/despin case, almost double redundancy is available in the
axial jets because of the specific combinatione of failures reguired before
the mission is seriously degraded.

Deployment of the axiz]l jet clusters may be passively accecmplished
without *he use of electrical signals, squibs, or actuation. This technique
was successfully used on tw® ATS missions for deployment of eight VHF
antennas. The flexible connection for the hyrazine line will not present any
problem.

Control of the thrusters is effected solely through electrically oper-
ated valves, 'here being at least one valve per thruster. Series redundant
valves could be used if desired, as on the Intelsat IV satellite. The four
spin jets attached to the mission-critical propeilant supply may possibly not
be optimum from a reliability standpoint. Series redundant valves might be
used on these jets, or the spin jets could be separately supplied by their
own small propellant tanks for an additional weight of about 2 pounds. Other
elements of the system, including pressure and temperature transducers,
pressure charge valve (for nitrogen), ard fill and drain valv+, are items of
existing, flight proven hardware azd hardly need consideration in this pre-
liminary study.
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TABLE ¢o.

PROPOSED HYDRAZINE REACTION CONTRO!L. SYSTEM

DESIGN CHARACTERISTICS

Propellant
Pressurant

Feed design

Pressure range
Thrust range

Specific impulse
rarnge

Pulse width

Total impulse

delivered
Operating
tempera.are

range

Propellant
weight

Pressurant
weight

Hardware weight

Tank outer
diameter (4)

Initial fill fraction

Mono propellant hvdrazine
(jaseous nitrogen

Blowdown pressurization and centrifugal force
expuls:on (spinup is accomplishec by using pras

pellant trapped in lines under pressure to supply
.centrifugal field on propellant ‘n tanks during

initial stages of spinup).
275 to .1 25 psi
5 to 3 pounds force

225 to 200 lbs-sec/lb.

125 milliseconds to |5 minutes

=22,000 lb/sec.

© 40° to 120 F.

120 pounds

2 pounds

59 pounds

14. 2 inches

55 percent
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A'] of the flight control hardware. with the exception of the star
sensor, will meet the sterilizalion requirements, based on past tests and
flights under similar environments. A sterilizable photomultiplier tube has
been developed by Electromechanical Research, Princeten, N. J., but it
has not been tested and flown in a complete sensor unit.

TELECOMMUNICATIONS

The Flyby-Video Data MSSM telecommunications system, which
includes not only the transmit and receive ifunctions, bat the command .
decoding, storage and sequencer, and signal processing {‘elemetry) aspects
is based on the extensive S-band experience with the Surveyor progran. and
telemetry/command/VHFE know-how with earth commwnications satellites.
Complete redundancy is provided for this vital subsystem by using parallel
units and switching between antennas, receivers, and transmitters. Also
worst cas= design techniques are incorporated to ensure link periormance.
Figure 10 is a block diagram of the SM telecommanications subsystem.

The S-band portion of the subsystem which provié: , for maintenance
of telemetry and commands between the SM and earth DSN (1972 configur-
atior) consists of a 17. 9-square -foot planar antenna having a gain of 29.2 db
and a.5, 2-degree beamwidth, two 40-watt traveling-wave tube (TWT) high
power transmitters, two 3-watt sclid state low power transmitters, two
receiver/transponders, two backup semiomnidirectional turnstile antennas,
and associated diplexers and switches.

The primary function of the high-gain planar antenna is to operate
with a 40-watt transmitter 2nd relaz video data received frem thé A/L back
to earth over a distance of 160 x 10° kilomecters at Mars encounter. in
addition, the planar antenra and a 3-watt transmitter are used from %0 days
after earth injection to encoanter for sending Spacecraft data to earth. Since
the phmr antenna has a small beamwidth that is directed along the space-
craft spin axis, a serics of four spacecraft attitade maneuvers must be made
to keep the earth within the beamwidth. The video data can be transmitted
at 17, 000 bits per secona, although only 16, 000 is requirsed fo: a 10-minute
postlanding video period to obtain 107 Lits. The planar antenna does not
Teceive data,

Prior to using the planar antenna 90 days after earth injection, the
cross slot antenna is used to send telemetry data from the spacecraft to
earth. The cross slot 13 an integral part of the planar antenna and hacs a
gain of at least -1 dB over a 120-degree beamwidth. The cross slot oper-
ates with a 3-watt transmitter during most of the mission except for brief
high-powsr, 40-watt periods during midcoursez maneuvers. The cross slot
- antenna js also used with a 40-watt tran<mitter during the A/L separation
period because the plasar antenna cannot be held in the earth direction. The
cross slot will receive commands in coajunction with the S-band receiver
and operate in a t’ruusonder loop with a receiver, transmitter, and planar
antenna (when required) to produce range/range rate data for the orbit
detsrmination process.
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TABLE 7. MSSM TELEMETRY LINK PERFORMANCE SUMMARY
4 Down- Link Support Module to DSN l
Approximately 2295 MHz)
SN
Mavimum Allowsbie fnformation Rate Rp3)
— - -
Receive on 210-foot Antenna Receive on 85-foot A’temns
Cross Ommi - Cross Owmnni - k-
Slot directional ) Slot directiosal
Lu»-. Antenna High-Gain A A A High-Gain Antenna
Gain, Gain, Boresight, | Borasight. Gaia, Gai, Boresiyht, | Buresigia
-1dB -6 dB ®2 6 dagrees | 2§ Segroes -1 48 -6 dB 2.6 deg.ces | 2Sdagress
am=10°) | 3 |40 | 3] @0 3 w | 1| e 3 || 3 {e 3 a© y |
0 s2a| - |200 298| - -1 -] - e frertosel - -} - 1T - |-
40 319 | 470 | 4 160 - - - - 0.9/4 |6@ ‘7.3 1. 98k - (276, -
sc 1.311% )0 33 saax| - T35 [ 9.6k |0 4 0 e 430 6.5%% |63 | 9s
120 0 s3 {0 10 2.27r - 321 | 426k | O o o 0 217 2.88% | 23 | 407
163 o '23 jo 1.6 1. ex|{17.0k |18 |24 |0 lo 9 [ 122 1.62% { 9.1 228
. | -
175 [0 fis fo !9 Liom i |isifoo |o o |o e |12 |13k 6.1 |19
200 [} 12 |¢© e im 10.8Sk} 136 | 1.53% | 0 ° [ [} 73 1L.OBk | 2.6 | 166
Up- Lizk DEN t» Module |
{(Appromizaately 2113 MHs)
Maximum Alloweble Command Rate ps)
Transmit on 210-foot Astenna Trausrit on 85. foot Astcusa
(400 kw RF) (199 kw RF)
Cross-Siot Antemna Omaidirectional Astecas Crosa-Siot Antenac Oummidi rectional Amtesma
(Gain, -1 dB) (Gain, -64B) (Gain, -1 &B) (Gaia, -6 dB)
.‘*6 Bit Rate : 6 Bit Rate e o Bit Rate l~‘ Bi2- Rate
f{kmx 12) ops) (km x 10) ops) thkm x 107) ®ps) (kmx i€') (ope)
160 1.500 160 47 160 D 2.3 3
200 960 200 T 304 200 1.2 116.3 1




Two semiomnidirectional turnstile antennas located on the SM
extendidle arms provide complete sphecical coverage, with a gain greater
than -9 dB, and would be used in the event of a {ailure in the attitude con-
trol systern or cross slot area. The antennas are similar to those used on
Surveyor.

The switches allow any transmitter to drive any of the autennas, and
either semiomnidirectional antenna to be connected to one o. the receivers.
The other receiver is permanently attached to the cross siot antenna. In
the event the signal coming from one recéiver disappears, loglc will switch
in the other receiver,

Table 7 summarizes the SM S-band communications lin . perform-
ance. Performance is given for the 210- and 85-foot DSN systems.

The UHF, 400-MHgz portion of the telecommunications subsystem is
designed to only receive entry and video data from the A/L. Sixteen half-
wavelength dipoie antennas are mounted about the solar panel penmeter and
transfer the A/L signal to a UHF paseive filter /receiver which ia turn feeds
the data into the S-band system for transmission to earth. The A/L is
assumed to use a 50-watt transmitter and cross slot antenna with 0 db at
70 degrees off the antenna bzam center. The UHF link will support
16,000 bits per second at a maximum range of 5000 kilometers, which is
associated with a flyby trajectory having at l2ast 10 minutes of video trans-
mission time,

_ The S-band modulation is PCM/PSK/PM and the UHF choice is
direct carrier FM, PCM/FSX. The S-band systern assumes a command-
able medulation index and the ase of convolutional -coding to optimize the
SM system.

The systemn includes two command decoders which provide for
148 SM commands and necessary A/L commmands. Co.nmands are also
stored in the sequencer prior to A/L separation for purposes of having a
completely automatic sequence d.u'mg this phage of the mission. The
sequencer stores 30 commands.

The signal processing unit accepts and converts for transmission SM
and A/L telemetry dzta. A total of 166 data channeis can be processed.
Included in the channels are the star sens~r intensity and time data required
to determine spacecraft attitude. : : :

The telecummaunication squipment weight and sizes are based on
presently available iter- s such as the 20-watt TWTs (used in parallel to
produce 10 watts) or those being developed, such as the solid-state 3-watt
transmitters. In addition, the sterilization requirement can be readily
accommeoedated into the telecoinmanications system design base:] on similar
requare.nents for Surveyor S-band and earth satellite equipment,
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POWER

The energy sources for the system are solar pancls and recharge-
able silver zinc batteries. Except for brief periods of high power operation,
the solar panels will supply the operational loads associated with the cruise
phase of the mission. The 37.4 square feet of panel area is based on the
requirement to sustain total system loads, 85 watts, at Mars aphelion and
aunder the anticipated sun/spacecraft orientation. The steady-state cruise
mode power'requirements are listed in Table 8, The solar nanel design is
based upon a solar cell conversion factor of 3. 30 watts per.square foot,
normal incidence angle at Mars aphelion, and an area utilization factor of
90 percent. The power conversion figure includes radiation degradation of
15 percent and any voltage m.smatch. However, the solar panel.is designed
to result in a minimum mismatch under the near-Mars condition of solar
intensity and panel temperature. A maximum solar incidence angle of
40 degrees from normal at Mars encounter was dictated as a result of tra-
jectory analysis. It was stated as a requirement that 22 watts of unregu-
lated power will be drawn continuously for the A/L battery chargers, ther-
mal control, and sequencer. The power calculations are based upcn a
continuous drain of 25 watts by the A/L.

Battery capacity requirements cre dictated by the system loads dur-
ing the enccunter minus 12 hours through the flyby phase of the mission. A
detailed command/time sequence was generated for this phase and used to -
generate a power and energy histogram. The results appear in Table 9.-
The resalts are conservative because the sequence was started at 5 rather
than 12 hours before encounter, based on earlier studies. The reduction in
battery size and weight using 12 hours is insignificant because only a very
low charging rate, 1.7 watt-hours per hoar, is available during the addi-
tional time gained. To enhance system reliability, two batteries are used,
each sized such that th: mission can be completea on a single battery if
necessary. Additional safety is provided by the use of isolating diodes
between each battery and the bus (see Figure 11). In this way, failure of a
single battery during the migsion will disconnect it from the line, thereby
preventing a rapid discharge of the rem.ining battery.

In determining battery size, -~ minimum period of 1.5 hours between
the end of the SM deflection maneuver and the start of flyby, a battery
‘charging rate of 6 percent and a discharge limiied to 80 percent of capacity
1s 2ssumed. Two batteries with a capacity of 283 watt-hours each {total of
566 watt-hovrs), satiafy the requirements. Power calculations indicate that
the maximum current drain on a battery will be on the order of 5 ampeves,
assuming single battery operation. Since the capacity of each battery is
approximately 12 ampere-hoars, the maximum discharge rate will be
approximately 40 percent of ca-acity. Although detailed functionai perform-
ance characteristics of sterilizable batteries are rot presently known, the
discharge rate indicated appears to te approxxmately 50 percent of the anti-
cxpated maximum discharge capablhty
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TABLE 8. CRUISE MODE STEADY-STATE LOADS

Power Required,
watts
Unit Unregalated . Regulated
Transmitter (low cower, 3 watts) :
* Assume 15 percent efficient -—-- 20.0
Flight control -———- 4 10.0 -
Telemétry and command ---- 6.5
S-band rece vers 3.0 ----
Aeroshcell/lancer . 25.0 T
SM the‘rmai control 5.0 -~--
Batte-y charge regulator i.5 -
Boosl- regula.tor - |
Assume 75 percent efficient ‘97 v ----
Subtotals _ : v : | 43.5 36.5
|
Totuls , ) 80.0
Contingency and high power operation ' 5.0
Total . ’ 85.0
Solar panel power to be supplied ' 85.0

*Assumes that the battery will be disconnscted from the bus (after
being fully charged) for most of transi..

The enargy-to-weight ratio for a sterilizable silver zinc battery of this
capacity is approximately 20 watt-hours per pound; therefore, the total battery
weight is 28. 3 pounds. Although no fully operational sterilizable batteries
exist, the development of fully sterilizable (prolonged soak at 135° C) silver
zinc primary and secondary hLatteries is im an advanced stage. The studies
underway at Jet Propulsion Laboratories of battery cells provided by
Electrical Storage Battery, Inc., are well documented.
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TABLE 9. ENERGY REQUIREMENTS FOR TERMINAL SEQUENCE

Pre-Encounter
Power, watts Phase Fly-By Phase
. r Time, Encrgy. 'l‘une.'] Evnergy,
Uait Regulated il Laregulated | nunules | wati-hre | nuautes | walt-hre
T S — meee ettty

Transmitter e | |

40 watts RF, 25 percent elficient 160.0 - | 3.3 | 1687 | 537 L3

3 watts RF, 15 percent efficient 20.0 . | 120. 8 i 40.3 ' -

* i |

Flight control { |

Cruise mode 16.0 380 | 6.3 53 S )

Thrusting mode i5.0 ! 146.0 | 36.5 . -

: i |
Telemetry and command decoder 6.5 i 184.1 19.9 3.7 | 5.8
i
Comonand storage and sequ-ncer 3.0 { 184. 1 9.2 - -
| : . :

UHF receivers 2.5 | .9 | 77 | os.7 2.2

‘S-band receivers ) . ! 3.0 18¢. 1 : 9.2 | s17 I 212

| } : |

Buttery charge regulator { 4.5 4 184 L I 1.8 53,7 | €0

! ! !

F .ost regulator I ! !

P = 187 watts (87 percent | 2¢.3 26.0 16.5 - - |
L efficient) . ' l { |
reg - 182 watts (87 percent 23. 6 37.3 | 14.7 = ! =

— . efficient) | t |

P__. = 46.5 watts (71.5 percent i 10.4 120.0 ! 20. & - -
e efficient) ! |

Pré = 41.5 watts (77 percent | 9:5 - 08 | 0.1 - i -

. cfficrent) - . | ] i
P" - 179 watts. ‘87 percent 23.3 = | - 53.7 20.8
R efficient) i '

Thermal gons=ol 5.0 1841 | e 537 | 45
Subtotals 1 3130 ] 132.2
Sclsr panel 85.0 184.1 l 260.5 33.7 | T7e.0.
' ' 1
Battery energy required | 112.5 { 116. 2

i

‘Times ave based on 10 aninutzu total visibility after lander touchdown.



Overcharging the batteries will be prevented by the battery <harger/
booster which will cont2in a charge current limating function. It is anti-
cipated at this time to essentially disconnect the batteries from the bus after
being fully charged. Ailthougha a thorough detailed knowledge of sterilizable
‘silver zinc battery characteristics does not presently exist, it is felt that a
iong period of float charging could prove detrimental. When the solar panel
output is insufficient to sustain system loads, the batteries will automati-
cally be connected to the bus. This procedure is similar to that followed on
the Mariner spacecraft,

The boost regulator provides regulated power to the transmitters,
UHF receivers, and the rommand storage and sequencer, as well as the
flight control and telemetry subsystemns. The concept of a central regulator
was chosen primarily on the basis of minimizing overall cost, weight, and
thermal and electrical dissipations. Additional advantage of the existing
redundancy of the transmitter can be realized by having additional separate
regulators with current limiting for each transmitter. In this way, a short
circuited transmitter could be removed from the bus and the system could
continue operating on the remaining transmitter. However, there wouid be
attendant penalties in the areas previously mentioned.

“The steady state regulated power requirement for cruise mode oper-
ation is 36. 5 watts. Assuming a rcgulated bus voltags of 30 =1 percent,
the boost regulator output current is approximately 1.2 amperes. The max-
imum regulated load requirement is expected to be 6 or 7 amperes. It is
estimated that an efficiency of 75 percent is reasonable at the lower output,
while 85 to 90 percent can be achieved at the higher output.

_ Although not a part of the SM power subsystem tvo A/l battery
chargers are ncorporated into thc SM design.

L 970 W v : N —c =

"}] =

Figure 11. Power Subsystem Fanctional Block Diagram
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6. FLYBY DESIGN - ENTRY DATA

~

The requirement to relay only entry data, at a rate of 20G0 bits per
second, and not video data at 16, 000 bits per second, relaxes the specifica-
tions on the telecommunications subsystem, thereby resulting in a few
differences between the Flyby - Entry and Video Data MSSM designs and
mission profile. The mission profile modifications are a fewer number of
_ spacecraft attitude corrections to maintain the planar antenna directed at
the earth and, obviously, no video transmission sequence. A smaller aum-
ber of attitude corrections are possible because the lower gain (22. 2 dB)
plaqar antenna with its larger beamwidth (11.5 degrees) will keep the earth
in view for longer periods of time,. v

The Flyby - Entry Data SM inboard profile is shown in Figure 12.

A 23-inch square planar antesna is mounted against the louvers which are
attached to the eguipment shelf. The antenna and surrounding frustrum
cover provide sufficieant surface area for radiation of thermal energy trans-
ferred from the equipment shelf via the louvers. The frustrum cover is
coated with a high emigsivity material, such as the quartz mirror used on
~ Surveyor, to enhance radiation., Since lower wattage transmitters (20 watts)

are used with consequently less thermal output, they are mounted to the
equipment shelf and only the louvers between the shelf and antenna are
required to regulate the compartment teu\pe'rature The cross slot can be
mounted at the center of the plmr, but is mounted at the side for this SM
configuration.

The weights which constitute the toul Titan III-C launch weight. for
the Flyby - Entry Data SM design are listed in Table 10. The SM weight of
521 pounds, which includes 47 pounds of contingency, plus the A/L, adapter,
and canister weights, yields a total launch weight of 1989 pounds. The dif-
ference between the Titan III-C payload weight capability and the actual
launch weight added to the 47 pounds results in a total SM, adapter, and

canister weight contingency ~f 138 pounds.
Table 1"l lists the basic subsystem weights of the SM.

Tabie 12 lists the moment of inertia properties for several SM
loading conditions. As in the case of the Video Data dengu, the data indi-
cates passive stability about lpm axis.
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TABLE 10. MSSM - LAUNCH WEIGHT DISTRIBUTION, FLYBY-ENTRY DESIGN

Item Weight, pounds
Aeroshell/lander . 110C. 0 l
SM weight (mcludes 47 poutds 521.0 !
comntingency) |
“i/booster adapter £19. 2

Structure 7.2
Umbilical 3.0
Pyrotechnic separation logic 5.0
Aft canister o | 181.8
Structure 12°,. 8
Pressure and vent, : 50.0
‘Separation harness ) 3.0
Forward canister . ' 639.0
Launch weight ' 1989.0
Titan payload 2080
Total contingency for SM, % 138
i adapter and canister

The attitude -velocity control and propulsion subsystem differ from
the Video Data design in that smalier tanks (13, 4-inch diameter) will hold.
the lighter propeliant load, and dynamic performance is changed slightly.
Since the performance data change is minor, all data preseated in Section 5
under Attitode and Velocity Control/Propnluon is directly appiicable to the
Entry Data design with the implication that a conservative performance is
specified.

The reduction in bit rate tr 2000 bits per second results in a planar
array decign having 22. 2 dB of gain, 11. 5 degrees of beamwidth, aad a
23 by 23 inch surface area. A transmitter producing 20 yatts o output
power is used with the planar to perform the entry data r‘lay function. The
link performance data is listed in Table 13. All other aspects of the S-band
system are identical to those of the Video Data design; therefore, the
results of Section 5 under Telecommanications apply.

The UHF link specifies an A/L 35-watt transmitter for the Entry
Data design case. This power wili more than sustain the 2000 bit per
second rate for the same SM UHF system and geometry specified in Sec-
tion 5 under Teleccmmunications. These rs=vlts can be ased to change the
A/L, SM, or flyby trajectory design to the overall advantage of the Mars
1973 pro‘ram
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TABLE 11. MSSM SUBSYSTEM WEIGHT ALLOTMENT,
FLYBY DESIGN — ENTRY DATA

Item Weight, pounds

RF Subsystem 51.5

tv
~N
o

3-watt transmitter (2)
20-watt transmitter (2) o ' !
| High-gain antenna (1)

! UHF antennas (16)

Turnstile antenna (2)

S-band receiver (2)

UHF receiver (2) )
RF switches (3) '

Coaxial cables and attach clips

Cross slot omni

Diplexer (3)

wUoUnmnumNNoOoOo oo

— U= oD — Wb

Signal Processing = 30.7

Central command decoder (2)

Central signal processor

Command storage aad sequencer (S/M)
Sequencer (A/L)

Propulsion : ‘ - 146.0
5-pound thrusters (10) |
12, 9-inch diameter tanks (4)
i Valves, lines, filters, and pressarant
i Propellant /pressurant (2 pounds) 109.

-t
oo

—
T ownmo w

i

.

o 00 Ov =
o000

Flight Control = 30.0

Flight control electronics

Star sensors (1)

Sun sensors (4)

Local cables, comnectors, and clips

Nutation damper
i Accelerometer aad arceleration lWltch

ot
« o e

'-‘N.\d"u\sl
OUnsaOo~0O

’ Strncture | . 116. 4

Upper ring

Upper cylinder
- Central ring

Lower frastum

Equipment shelf

Thermal blankets and tie downs
- Lower thermal blanket sapp~rt

~ e N -
O Pt ot
. - . L] - s

-
MNO NG~

b edcam.
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TABLE 11. MSSM SUBSYSTEM WEIGHT ALLOTMENT,
FLYBY DESIGN - ENTRY DATA - Concluded

Item . Weight, pounds I
Harness ‘ 10.0
Solar panel support tubes 7.0
Balance weights 4.0
Thermal control louver (5) : 13.6
Radial jet supports (2) 142
Mechanisme ' 14.8
Separation mechanism 1.6
SM/lander 4.8
SM/adapter 6.8
Axial jet deployment (2) 5.2 g
Electrical Power : : B4.1
Solar panel (substrate, cells, intercomnnections) 36. 8
Boost regulator 8.5
Battery charge regulator (I S/M 2 A/L) 10.5
Battery (2) 40 percent discharge . 28.3
SM weight - e n 473.3
Contingency » 47.5

Total L ' ' A 521.0

The Flyby - Entry Data design power system is identical to that of
the Video Data design. It is recognized that the Entry Data S}! requires
less battery capacity because a 20-watt, insteadrof 40-watt, transmitter iz
used for a shorter period of time {entry data period only). Less capacity
implies lowgr ba.tery weight, but since the reduction is minor and even '=ss
important to the total SM weight, the difference is of no consequence for
purposes of this study.



TABLE )z. MOMENTS OF INEPTIA, FLYBY-ENTRY DESIGH

Vehicle State Stag — #t?
AILu;S_&l A’
Fuli fael i '
TRoll ”’
Iputen . ot

40 percent fuel
e 374
S 283
5 o
Ny "
i 61
iy 32
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TABLE 13, MSSM TELEMETRY L'NK PERFORMANCE SUMMARY

(210-FCOT ANTENNA)

Missior Rage . Maximum Allowable Information
Phase (X 19° ki) Rate, bps
S-band Link to DSIF
{Approxipnately 2295 MHz)

! Antenna Low-gain Antenmsl ﬂigh-Gain Antenna
| Gain and (-6dB Worst Case) (22. 17 4B On- Axis)
i R¥ Cutput -T- T '

Power |3 watts ' :

Conditions! K.~ |[2¢C wattJ 40 watts |3 watts 20 watts| 40 watts
Transit I < 10 240 1600
First
midcourse 10 2490 16N0
Transit II <100 640 4280
Second
g 190 540 428N
2

Trawsit I <160 112 307, | 250 |2000
Descent 160 250 |2c00 | 4000

Z00v bps UHF Descent Relay Link (Approximately 400 MHz)

Descent 6100 km -4.2 dB MSSM worst case gain,
35 watts RF, 0 €¢B worst case lander gain
L " Command Up Link {(Approximately 2113 MHz)
{DSN-to- 160 -9 4B worst case MSSM guin,
MSSM 100 kW,3 DSIF RF power, 3 bps
-1 dB worst cas= M3SSM gain,

up_link

L

34 bps

lE,ither cross-slot or boom-tsionnted omnidirectional amen.,as, over the ’

2

cone.

ezsrth-directed hemisphere.
Assumes that gain of cioss-slot arienna is always =

-1 dB in lcok angle

3400 kW will significantly increase command bit rats.
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7. ORBITER DESIGN

The Orbiter MSSM design, in addition to relaying entry and video
data, must perform a braking maneuver that places the SM into a synchro-
nous {24.6-hour period) Mars orbit. The SM pasces over the lander each
day and relays deta tc earth for the lifetine of the lander, which is at least
3 cays. This mission objective, plus the use of the Flyby Mode of delivery
‘'which eliminates the nced to sterilize th SM, results in an encounter phase
mission profile and SM devign that significantly differs {rom the Fiyby SM
designs, .

Figure 13 illustrates the encounter and orbital phase of the Orbiter
SM micsion. Twelve hours before the relay function begins, the SM per-
forms an attitude rotation to align tke A/L for a deflection maneuver. Since
the Flyby Mode of delivery is ve=d, the A/L must perfc -m a deflection
Inaneaver to attain a landing trajectory and a subsequent attitude rotation
and despin operation to satisfy entry requirements. - Ther the SM is re-
orienied 1o ila cruise positien, separates the aft canister, and completes
the relay phase in 3 manner similar to that of the Flyby SM design.

The insertion into Mars orbit is subordinate to the trmmxsmon of
vileo duta to earth. The insertion events will not begin until 107 bits of
video data have been relayed or, even more desirable, until the A/L to SM
communication lizk is lost due to the range increasing during flyby. A
period of 3 to 5 minutes is reguired to align the SM, followed immediately
with a high-energy propulsion system thrusting period. The 5M is then re-
oriented teo point the planar antenna 2t the earth and relay data from the
A/L approcimately once every 24. 6 houre for 3 days. An orbitaltrim
maneuv:r to compensate for ¢xcessive iusertion errors aad periodic veloc-
ity /attitude adjustnents may be reguired during the Orbiter lifetime.

Two Orbiter SM designs have been briefly ‘. vestigated, one using
a golid propellent and the other a ligquid propellant ortital insertion system.
The solid propellant Orbitex SM inboard prefile is shown in Figure 14, As
in the case of the Flyby SM designs, the Orbiter SM is mocunted between the
adapter and A/L, but is outside of the canisters because the rterilization
requirement has been waived, The cylindrical section has been lengthened
to 38 inches to accommodate the solid propellant engine located at the cente.
of the SM. A short conical frestrum transfers lcads fromthe engine to the
cylinder, A smaller cylindrical section surrounds the sclid engine and
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provides planar antenna and thermal blanket support plus thermai isolation
for the eguipment compartment and engine. The ergine also requires a
thermai blanket and heaters.

The equipmont inside the SM is mounted to the outer cylinder wall
which contains all the thermal louvers used tc control the cempartment
temperature. This arrangement might prove attractive enough for incor-
poration into the Flyby designs. Aside from slight mounting differences of
the planar anterna and radial jets, all other gross characteristics of the
Orbiter design are identical to those of the Flyoy - Video Data SM design.

: A breakdown of the launch weight for the Orbiter system is pre-
sented in Table 14. The A/L weight of 1186 pounds, includes 86 pounds for
a deflection system and interface structure. The orbiter SM weight is
1120 pounds, inclading 20 pounds for contingencies. 7The inclusion of
344 pounds for the adapier and canisters yields a laur.ch weight of
2650 pounds, which is identical to the Titan III-C payload capability.
Theretore, 90 pounds is available ior SM, adaj er, :ad canister comntin-
gencies, assuming a fixed A/L weight,

The basic Crbiter SM weights wre listed in Table 15. The planar
antenna and structural weights do not reflect exactly the configuration shown
in Figure 14, Twenty-two pounds has boen added to accommodate a slightly
larger antemnz and salar panel outer diameter. This change allows Orbiter
Si commurnications for the greater distances associated with this design.

Table 16 presents the SM moments of inertia and indicatez the
spacecraft is not passively stable about the spin axis. A simple active
nutation damper is included in the design to maintain stabilliy about the
spin axis. _

The general deocnptwa of the flight and reaction jst control suh-
system presented in Section 5 is plicable to the Orbiter SM design, but
the performance characteristics .re dificrent, as noted in Table 17. The
sclid engine weighs 468 pounds and s an impart 5630 fps to the SM.

The teleccmmunications snbsystem requires a planar artenna with
a gain of 30 4B (21. 2 square feet) and this results in link perfortaance
slightly better than that given in Section 5. Wi h the exception of a slightly
differeat automatic sequencer, the remaindex of the telecommunicztions
subsystem described in Section 5 is valid for the Orbiter design.

' The power subsystern of the Orbiter SM is functionally identical to .
that described in Section 5 under Power. The baiteries are 11 prunds lighter
because slerilizcation iz not required.

An alternate Orbit>r SM design using a liguid braking systermn was con-
sidered with an inboard profile au shown in Figure 15. A weight breakdown is
given in Table 18. Due to study limitations, the liquid system study was not
pursued in depth. This system is o visioned vsing a monopropeliant for all
pre-orbiting maneuvers and then adding an oxidizer to produce a high specific
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impulse for the orbital insertion phase. Two fuel and two oxidizer tanks, plus
a gas bottle for the pressurant, are reguired. In addition to the low thrust
jets, two 200-pound thrust engines are mounted outside the SM cylindricail
section. This SM ¢ ~~‘en allows for a closer attachment to the A/L, and
possibly a more stable spinning spacecraft. The flexibility of the liquid
design may warrant further stedies. '

\
ﬂH »
rd
-~
We1 -naemm

/ i /
/ i
/ : T/
¥ 7 E
;o
I/
[/ ! 1
|
|
1 b
\ |
A\ |
o\ ]
\ \ { .
Y \ i -~ .
. \ g | . : |
\ \ j / : \ ¢ \
‘ N if ! ‘ a
» \ . | y \\i
! \
; . \:/ i 1 -
{ I
a | '
L - oo —J ®me ;ql DA IGNS N TNCRES
Figure 15. Liquid Rraking System Orbiter 5SM Design
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TABLE 14. ORBITER (SOLID) LAUNCH WEIGHT DISTRIBUTION

Item

Weight, pouﬁds

Aeroshell/lander
SM weight (including contingency of 90 pounds)
SM/booster adapter
Structure
Umbilical
Pyrotechnic separation logic
Aft canister
Structure
Pressure and vent
Separation harness

Forward canister

Launch weight

Titan payload

Total contingency for SM, adapter, and canisters

1186
1120
125
85.0
35.0
5.0
150
97.0
50.0
3.0
69
2650
2650
90
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TABLE 15.

ORBITER (SOLID) SUBSYSTEM WEIGHT ALLOTMENT

Item

Weight, pounds

RF Subsystem

3 -watt transmitter (2)

40-watt transmitter (2)

High-gain antenna (1) (21.2 ft2)

UHF antennas (16)

Turnstile antenna (2)

S-band receiver (2)

UHF receiver (2)

RF switches (3)

Coaxial cables and attach clips

Cross slot omni

Diplexer (3)

Signal Processing

Central command decoder {2)

Central signal processor

Command storage and sequencer (S/M)
Sequencer (A/L)

Propulsion

5-pound thrusters (10)

14. 2-inch diameter tanks (4)

Valves, lines, filters, and pressurant
N2H4 propellant

Solid propellant

Case and inerts

Flight Control

Flight control electronics

Star sensors (1)

Sun sensors (4)

Local cables, connectors, and clips
Nutation damper (2) (active)
Accelerometer and acceleration switch

Structure

Upper ring

Upper cylinder

Engine frustum and ring

Inter cylinder and ring

Lower ring

Thermal blankets and tie downs
Thermal blanket support
Harness

Solar panel support tubes
Balance weights

Thermal control louver {15 square feet)
Radial jet supports (2)

Equipment support brackets and hardware
Mechanisms

Separation mechanism
SM/lander 4.
SM/adapter 6.

Axial jet deployment (2)

8
8

Electrical Power
Solar panel (substrate, cells, interconnections)

Boost regulator
Battery charge regulator (1 S/M 2 A/L)
Battery (2) 40 percent discharge

Subtotal

Contingency

Total

83.3
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TABLE 16. ORBITER (SOLID) MOMENTS OF INERTIA

Vehicle State Slug-ftZ

A/L and Orbiter

Full Fuel
Iron1 471
IPit:&:h 730

Midcourse, fuel removed

IR 454

_IP 720
Orbiter alone at separation

In . 84

In 58.3

Orbiter -liquid and solid fuel used

IR 67

IP 50.0
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TABLE 17.

ORBITER VELOCITY AND ATTITUDE CONTROL

Support Module Only
After Orbit Injection

Support Module Only
Before Orbit Injection

Support Module Attached
to Aeroshell/ Lander

AV per continuous axial jet firing
per spin period (one jet)

Axial jet continuous firing time
per {ps AV

Weight of propeliant per fps AV
Attitude change per pulse

Propellant weight per degree of
attitude change

22! per 90-degree pulse of radial
3

Propellant weight per radial jet
pulse (90-degree pulse)

Number of radial jet pulses per
fps

Propellant weight per fps (radial)
Time required per fps (radial jet)
Spacecraft AV per degree of
attitude change

Maximum nutation angle during
reorientation

0. 266 fps/revolution

{60 rpm, 4.5 pounds thrust)

3.73 sec/fps (one jet)
1. 87 sec/fps {two jets)

0.0809 1b/fps

5.86 dcgreelpulle“)
(90-degree pulse) )
3. 14 degree/pulse
(45-degree pulse)

0. 0043 1b/degree

0. 06 fps/pulse
0. 00483 1b/pulse

16. 5 pulses/fps

0. 093 ib/fps

16.5 sec/fps (one jet)
8. 25 sec/fps (two jets)

0 (nominally, using two
axial jets)

1.5 degrees

0. 138 f{ps/ revolution
{60 rpm, 4.5 pounds thrust)

7.19 sec/ips (one jet)
3,59 sec/fps (two jets)

0.176 lb/fps
1)

1)

3. 14 degree/pulse
(90-degree puise)
1. 69 degree/pulse
(45-degree pulse)

0. 008 1b/degree

0.0315 fps/pulse
0. 00483 1b/pulse

31. 8 pulses/fps

0.179 1b/fps

31. 8 sec/fps (one jet)
15. 9 sec/fps (two jets)

0 (nominslly, using two
axial jets)

1.5 degrees

0. 14 fps/ revolution
(25 rpm, 4.5 pounds thrust)

16. 9 sec/fps (one jet)
8.45 sec/fps (two jets)

0. 365 ib/fps
1)

)

1. 56 degree/pulse
{90-degree pulse)
0. 842 degree/pulse
(45-degree pulse)

0.016 Ih/degree

0. 032 fps/pulse
0.014 1b/pulse

31.4 pulses/fps

0.40 1b/ips

74 r+c/ips (one jet)
37.sec/fps (two jets)

0 {(nominally, using two
axial jets)

2.0 degrees

(”Usin; two axial jets to produce pure couple.




TABLE 18. ORBITER (LIQUID) SUBSYSTEM WEIGHT ALLOTMENT

Itemn Weight, pounds
RF Subsystem 83.3
3-watt transmitter {(2) 41.2
40-watt transmitter (2)
High-gain antenna (1) 16.6
UHF antennas (16) 3.0
Turnstile antenna (2) 1.0
S-band receiver (2) 8.0
UHF receiver (2) 4.7
RF switches (3) 1.5
Coaxial cables and attach clips 5.5
Cross slot omni 0.5
Diplexer (3) 1.3
Signal Processing 30.7
Central command decoder (2) 5.7
Central signal processor 10.0
Command storage and sequencer (S/M) 5.0
Sequencer (A/L) 10.0
Propulsion 609.0
5-pound thrusters (10) 11.0
Tanks (2 oxidizer, 2 fuel, 1 pressurant), '
regulator, valves, lines, filters, and
pressurant 61.7
200-pound thrusters (2) 536.3
Midcourse and attitude
AVR
N2H4 fuel
N204 oxidizer
Flight Control 37.5
Flight control electronics 17.0
Star sensors (1) 5.1
Sun sensors (4) 1.0
Local cables, connectors, and clips 3.4
Nutation damper (2) (active) 10.0
Accelerometer and acceleration switch 1.0
Structure 146.1
Upper ring 12.7
Upper cylinder 28.0
Engine and tank support structure 32.0
Inner support structure '
PP
Lower ring 9.2
Thermal blankets and tie downs 6.0
Thermal blanket support 15.0
Harness 15.0
Solar panel support tubes 7.0
Balance weights 4.0
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TABLE 18, ORBITER (LIQUID) SUBSYSTEM
WVEIGHT ALLOTMENT - Concluded

Item Weight, pounds
Thermal control louver (15 square feet) 12.0
Radial jet supports (2) 1.2
Equipment support brackets and hardware 4.0
Mechanisms 14.8
Separation mechanism 11.6
SM/lander 4.8
SM/adapter 6.8
Axial jet deployment (2) 3.2
Electrical Power 81.8
Solar panel (substrate, cells, interconnections) 45. 8
Boost regulator 8.5
Battery charge regulator {1 S/M 2 A/L) 10.5
Battery(2) 40 percent discharge 17,0
Subtotal 1003, 2
Contingency 98.1
Total 1101.3
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8. PROGRAM PLAN

An MSSM development plan and the key program milestones are
shown in Figure 16. The program assumes that three flight SMs, one of
which is a backup, will be delivered to a prime contractor (capsule inte-
grator) in late 1972 to be mated with landing vehicles and launched toward
Mars in mid-1973. The program begins with a phase C effort to define
system and subsystem specifications and procure long lead time items such
as sterilizable star sensors and batteries. Phase D begins in May 1970
with the start of unit design, development of five models, and operational
support equipment. The models, one of which is delivered to the capsule
integrator for total structural test, are all completed early in the program
so the test results are incorporated into the flight drawings-and initial proof
test models. After a final drawing release, the flight units plus spares are
assembled into conplete SMs, tested, and delivered to the capsule inte-
grator. The support equipment is available as the SMs are ready, and are
delivered with the SMs. An adequate support level is maintained through
launch. This program plan, with minor changes, is applicable to all MSSM
designs considered for the Mars 1973 Program.
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