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A MINIMUM-ENERGY MISSION PLAN FOR THE

MANNED EXPLORATION OF MARS

By James J. Taylor and Sam W. Wilson, Jr.*
Manned Spacecraft Center

SUMMARY

A minimum-energy mission profile for a manned conjunction-class Mars mission
is described. The mission is designed to minimize propulsion requirements without
compromising mission objectives. The heliocentric phases consist of two near-
Hohmann transfers separated by a Mars-orbital stay of approximately 1 year (about
one-third the total trip time of approximately 3 years). Trans-Mars injection is ac-
complished with a series of near-perigee burns to minimize gravity losses. The
elliptical Mars parking orbit benefits from Mars oblateness perturbations which reduce
the Mars-orbital-insertion and trans-Earth-injection propulsion requirements.

Mission opportunities are evaluated for the period from 1977 to 1985. The
1983 mission opportunity requires the most propulsion, and the 1977 opportunity re-
quires the least propulsion. A non-mission-dependent velocity budget is developed
which requires the addition of 600 fps to the impulsive trans-Mars-injection maneuver
and 1650 fps to the spacecraft impulsive propulsion requirements. The maximum
Earth-entry velocity does not exceed 40 000 fps, which is within current Apollo tech-
nology.

Four launches of an uprated Saturn V booster, each capable of placing a
400 000-pound payload into a 260-nautical-mile circular assembly orbit, are used to
assemble the spacecraft and the trans-Mars-injection stages. The first launch places
the manned spacecraft (without the Mars lander module) into the assembly orbit. The
second launch places the first orbital-launch vehicle (liguid oxygen and hydrogen
fueled) and the Mars lander module into the assembly orbit. The third and fourth
launches place two additional orbital-launch vehicles (also liquid oxygen and hydrogen
fueled) into the assembly orbit. The total vehicle weight, assembled in orbit and pre-
pared for trans-Mars injection, is 1 461 600 pounds. The spacecraft, which includes
a 90 000-pound manned Mars lander module, 9000 pounds of scientific equipment,
20 000 pounds of jettisonable probes, and a two-stage propulsion system, is assumed
to weigh 450 000 pounds.

An analysis of the Earth-departure launch window is presented. The multiple-
impulse technique provides trans-Mars-injection launch windows of 28 to 33 days for

*TRW Systems Group, Houston, Texas.




an optimally oriented rendezvous-compatible assembly orbit. Exemplary launch sched-
ules, based on assumed launch-facility limitations, are presented. Interrupted depar-
ture sequences are investigated, and orbital departure is found to be still possible after
several days of coast in an intermediate elliptical orbit. Extensions to the orbital-
launch window are possible by deliberate insertion into a holding orbit.

INTRODUCTION

The feasibility of manned interplanetary missions for the exploration of Mars has
been documented in numerous reports (e.g., refs. 1to 8). The mission plans that
demonstrate this feasibility are varied and show considerable ingenuity. Multiple-
planet flybys, aerodynamic capture, '"'perihelion kick, ' and many other techniques
have been used to reduce the performance requirements for short-duration missions of
less than 700 days. However, the minimum-energy mission, which requires longer
trip times, has received much less attention, and the actual penalties of the shorter
trip times cannot be determined unless they are compared with parameters of the
minimum-energy mission without regard to trip time. Mission energy is defined as
the summation of the required velocity increments, including atmospheric and propul-
sive maneuvers, for all phases of the mission except during the Mars-orbital phase.

The primary objective of this report is to present the minimum-energy mission
plan in sufficient detail to provide a comparative basis for determining the effective-
ness of other mission plans. The measure of this effectiveness is a combination of
such factors as cost, scientific return, program schedule, and so forth. The deter-
mination of the comparative effectiveness of the mission profiles presented in the
literature is beyond the scope of this report. The basic mission profile for the
minimum-energy mission (which is a conjunction-class mission) is presented in the
section of this report entitled ""Nominal Mission Profile. "

Although the major penalty of conjunction-class missions is extended trip time,
many advantages are realized in comparison to the higher energy mission profiles.
The total mission energy requirements, including Earth-entry velocity, are signifi-
cantly reduced in conjunction-class missions. The reduced energy requirements, for
a given mass in Earth orbit, permit an increased functional payload. The conjunction-
class mission profile is bounded by the orbits of Earth and Mars; therefore, close
approach to the Sun and passage through the asteroid belt beyond Mars are avoided.
The conjunction-class mission also provides for a greatly increased Mars-orbital stay
time for extended scientific observation. The increased functional payload can be used
to offset penalties associated with the extended trip time.

After mission opportunities and energy requirements are determined, spacecraft
system performance is discussed. Although many assumptions concerning spacecraft
performance are possible, a particular set of assumptions is necessary to conduct a
realistic launch-window analysis. The techniques developed in this section are valid,
regardless of the assumptions; but the quantitative results are dependent on the as-
sumptions. A portion of the launch-window data presented has been published previ-
ously (ref.9).




SYMBOLS

assembly-orbit apogee altitude
assembly-orbit perigee altitude

assembly-orbit inclination relative to the equator

number of orbital revolutions between the direct-rendezvous opportunity in
the northeast quadrant and the succeeding opportunity in the southeast
quadrant

number of orbital revolutions between each direct-rendezvous opportunity
in a given launch-azimuth quadrant

approximate number of anomalistic launch windows in nodal launch window
number of in-plane launch opportunities in main-spacecraft ascent window

number of in-plane launch opportunities in orbital-launch-vehicle ascent
window

radius from center of planet, n. mi.
time, sec

epoch, departure date for minimum v days after Julian date 2 440 000

00?
date orbital-departure window opens
date orbital-departure window closes
date main-spacecraft ascent window opens
time main-spacecraft ascent window closes

date orbital-launch-vehicle-stage ascent window opens, ~5.5 days before

‘D, 1

date orbital-launch-vehicle-stage ascent window closes, ~4.0 days before

', 2

argument of position measured in the plane of the orbit from the right
ascending node, at epoch to




At
Ap
At
At
At
AV
AV

AV

AV
AV
AV
AR

Aw

ot

horizontal component of velocity vector (fig. 18)

matched-conic velocity vector at the sphere of influence, Ips

hyperbolic-excess-velocity vector

plane-change wedge angle (fig. 18)

right ascension of the Earth-departure asymptote at tO

launch interval between launches on a given azimuth, hr

width of nodal launch window, days

width of main-spacecraft ascent window, days
time available for pad turnaround, days
width of orbital-launch-vehicle ascent window, days

impulsive-velocity increment, fps

impulsive velocity to transfer from assembly orbit to first intermediate
orbit, fps

impulsive velocity to transfer from first intermediate orbit to second
intermediate orbit, fps

impulsive velocity to transfer from second to third intermediate orbit, fps
plane-change maneuver, if required
impulsive velocity to transfer from final ellipse to departure hyperbola

change in right ascension of assembly-orbit ascending node at t,, deg

0}

change in assembly-orbit argument of perigee at epoch t,, deg

03

declination of the Earth-departure asymptote at tO

launch interval between the northeast and southeast launch azimuths, hr




Q right ascension of the departure asymptote

QO right ascension of assembly-orbit ascending node at tO’ deg

w4 assembly-orbit argument of perigee at epoch tO’ deg

NOMINAL MISSION PROFILE

The mission objectives assumed for the analysis are as follows:
1. To photograph the Mars surface during season changes

2. To map the Mars surface features

3. To research the Mars atmosphere

4. To research the Mars surface with unmanned soft landers

5. To explore the Mars surface with a manned lander

6. To investigate one or both of the Martian moons with a manned excursion
vehicle :

Heliocentric Phase

The heliocentric phase of the nominal minimum-energy mission profile is illus-
trated in figure 1. The conjunction-class mission profile uses near-Hohmann (near-
180 °) transfers between the two orbits of the planets. A limited analysis of two- and
three-impulse trajectories (refs. 10 and 11) indicates that the minimum-energy trans-
fer to Mars is a two-impulse trajectory and that a large launch window is avail-
able before three-impulse trajectories can appreciably reduce the velocity requirements.
Two impulses are used for each leg of the trajectory, one at Earth (or Mars) departure
and one at planet arrival. The aerodynamic entry into the Earth atmosphere replaces
the second impulse for the return leg of the trajectory. The other impulses are pro-
pulsive and consist of multiple thrusting maneuvers. However, from a heliocentric
point of view, these multiple thrusts are equivalent to single impulses.

The velocity and trip-time requirements vary continuously with a given class of
mission. The conjunction-class Mars missions have total trip times of 950 to 1000 days.
However, when the energy requirements are allowed toincrease by 50 percent or more,
the total trip time can be reduced to 450 days. A continuous velocity and total-trip-
time trade-off from conjunction- to opposition-class missions is possible, but a local
maximum occurs in the energy requirements at the 600- to 700-day total trip time.
This local maximum is approximately 80 percent greater than the minimum energy
requirements and may require additional heliocentric impulses.




There are other classes of missions, such as single- and dual-planet flyby mis-
sions, which have total trip times in the 600- to 700-day range, but the velocity re-
quirements are still approximately 30 percent higher than the minimum. There is also
a multiple-heliocentric-orbit class of missions which has minimum-energy velocity re-
quirements but longer trip times (approximately 1300 days). This class of mission
involves Hohmann transfers with an additional full orbit coast. The minimum energy
is not reduced, and the missions are effective only for phasing as in an abort.

The minimum-energy, 1000-day mission profile has several desirable features,
as viewed in the heliocentric phase (fig. 1). The trajectories are contained between
the Earth and Mars orbits. Thus, both close approach to the Sun, as in the Venus-
flyby and opposition-class missions, and traverse of the asteroid belt beyond Mars are
avoided. The spacecraft design problems associated with solar-radiation protection,
temperature control, meteoroid protection, and solar-electric panels (if used as the
power source) should therefore be simplified.

The Mars-orbital stay time, indicated by the dashed curve in figure 1, is approx-
imately one-third of the total trip time. Since the exploration of Mars is the primary
purpose of the mission, it is desirable that the stay time be as long as practical. A
longer orbital stay time permits observation of Mars during seasonal changes, more
time for detailed surface exploration, and visits to one or both of the Mars moons.

The transfer times out and return are approximately the same, as required for the
shorter duration missions. Shorter total times are obtained by reducing the available
exploration time at the planet to approximately one-tenth of the total trip time.

Trans-Mars Injection

The Earth-to-Mars heliocentric phase of the mission defines the target conditions
for trans-Mars injection (TMI) in terms of the asymptotic direction and required energy

of the departure hyperbola (i.e., the {700 direction and magnitude). To achieve these

conditions, the spacecraft and orbital-launch vehicles are assembled in a low,
rendezvous-compatible Earth orbit (either elliptical or circular) and then injected into
the departure hyperbola with a series of thrusting maneuvers, as illustrated in figure 2.
Each thrusting period occurs near periapsis and is followed by a coast in an intermedi-
ate elliptical orbit. The actual size and number of the intermediate orbits control the
magnitude of each velocity maneuver and the associated gravity losses. The use of
this technique is documented in reference 12, in which the use of nuclear orbital-launch
vehicles is assumed. A set of guidance equations which achieve near-optimal steering
for the thrusting maneuvers has been developed (ref. 13). The guidance equations
were designed to maintain periapsis altitude, and an engine ''switching'® logic was de-
veloped to minimize the gravity loss for each burn. The simulation of the gravity
losses approaches the minimum as the number of intermediate orbits approaches in-
finity. The minimum gravity loss is zero for parabolic injection and increases as the

el

V_, magnitude increases, the thrust-to-weight ratio decreases, or both. However,

the time available for injection and assembly is finite, and the gravity losses will never
actually be minimum.




Spacecraft assembly may be delayed because of unexpected launch delays, prob-
lems with spacecraft and orbital-launch-vehicle (OLV) rendezvous, systems checkout
difficulties, and many other potential problems. The TMI sequence may be interrupted
for similar operational reasons. Therefore, a launch and injection window is required
for a reasonable probability of achieving the desired heliocentric trajectory. Since the
detailed analysis of the launch and injection window depends largely upon spacecraft
performance, OLV performance, operational constraints, and mission-energy require-
ments, the analysis is presented after discussion of these items.

Mars-Orbit Design

The parking orbit about Mars (fig. 3) is elliptical with a periapsis altitude of
200 nautical miles and an apoapsis altitude of approximately 10 000 nautical miles. The
orbit is designed so that the perturbations of the oblate gravitational potential field as-
sist in reducing the velocity required for Mars-orbital insertion (MOI) and trans-Earth
injection (TEI). The use of planetary oblateness for parking-orbit alinement is dis-
cussed in references 14 and 15. The procedure used is to establish the periapsis al-
titude as low as possible, but well above Mars atmospheric perturbations (chosen at
200 nautical miles for this analysis). The apoapsis altitude and orbital inclination are
then chosen so that the resulting nodal and apsidal motions will shift the original orbit
into proper alinement for TEI

Many combinations of apoapsis altitude and érbital inclinations result in proper
parking-orbit alinement. However, the mission objectives provide constraints that
narrow the choice. Because of the preliminary nature of the analysis, the following
constraints are not all-inclusive, but do establish the major design goals.

The manned-landing maneuvers require posigrade orbital inclination. Since the
rotational period of Mars approximates that of Earth (although the Mars diameter is
much less than the Earth diameter), a large landing velocity penalty occurs as the
orbital inclination is increased from 0 ° (posigrade equatorial) to 180 ° (retrograde equa-
torial). The Mars moons are in a near-equatorial posigrade orbit; therefore, the
velocity requirements for rendezvous with the Mars moons are also adversely affected
by high orbit inclinations.

To reduce the MOI and TEI velocity requirements, the apoapsis altitude should
be high. A high apoapsis reduces velocity requirements for a Mars moon rendezvous,
but increases the landing velocity requirements. The periapsis position should remain
in sunlight both prior to landing (for site selection) and after landing (for mapping of
the surface, observation of seasonal changes, and so forth). Limited control of the
initial periapsis latitude is available by variation of the inclination of the approach
hyperbola and by acceptance of the penalty resulting from an increased plane change at
MOL.

The inclination to the Mars equator of the nominal Mars parking orbit is between
0°and 30°. The periapsis altitude is 200 nautical miles, and the apoapsis altitude
varies between 9000 and 10 000 nautical miles, depending on the selected inclination,
the declination of periapsis, and the orbital stay time.




A manned Mars landing is accomplished after sufficient landing-site data are
obtained from orbit. The Mars lander is manned and checked out by the crew, sepa-
rates from the main spacecraft, and descends to the surface with a retrograde propul-
sion maneuver. A near-Hohmann descent is used, with the landing site located near
the periapsis position of the main spacecraft to reduce the lander propulsion require-
ments. The surface stay time of approximately 30 days permits scientific exploration
of the accessible regions. Following surface exploration, the crew returns to the
main spacecraft in the ascent stage of the lander.

A rendezvous with Deimos, the outer moon, and the return to the main space-
craft can be accomplished with a 6000-fps velocity change, including 200 fps for mid-
course corrections and final breaking. Exploration of Phobos, the inner moon, requires
a 6500-fps velocity change. These numbers are based on a 200- by 10 000-nautical-
mile parking orbit, with the rendezvous maneuvers timed to coincide with the passage
of the parking-orbit line of apsides through the plane of the moon orbit. The final
maneuver in a Mars moon rendezvous is more accurately described as docking rather
than landing because of the low masses of both bodies. The gravitational acceleration
at the surface of Phobos is expected to be 0. 037 fps/sec, based on Phobos having a
density similar to the density of Earth. Deimos, which is a smaller moon than Phobos,
has only a 0. 025-fps/sec gravitational acceleration. The round-trip moon rendezvous
requires approximately 2 days for Phobos and 5 days for Deimos.

Because of the large size of the Mars-orbital spacecraft, Mars moon rendezvous
is assumed to be accomplished with a small module staged from the main spacecraft.
This module would be similar to the Apollo lunar-module ascent stage. A module of
this size can carry two men on a round trip to one of the moons or on a round trip to
each moon if a refueling capability exists.

Mars-Orbital Insertion

The manned Mars lander module is to have atmospheric-entry capability and a
landing propulsion system. It might therefore be feasible to stage the lander module
prior to MOI for aerodynamic capture and then rendezvous with the lander module after
the spacecraft has completed MOI. A flight plan (fig. 4) has been developed to study
this technigue and determine its relative advantages.

Aerodynamic probes are released from the spacecraft shortly after entering the
Mars sphere of influence. The probes are targeted to enter the atmosphere and trans-
mit density-profile data back to the spacecraft prior to the lander module entering the
Mars atmosphere.

The lander module is staged (unmanned) from the main spacecraft and targeted
for entry to occur immediately prior to MOI. The probe data are analyzed on board
the spacecraft, and guidance corrections are sent to the lander module for flight-path-
angle changes. The lander-module aerobraking phase is guided to result in an apoapsis
altitude of approximately 10 000 nautical miles, coplanar with the spacecraft orbit. A
velocity impulse at apoapsis is required in order to raise the periapsis out of the Mars
atmosphere.




The main spacecraft achieves Mars orbit with a burn near the periapsis of the
desired orbit and begins tracking the lander module. The spacecraft issues guidance
commands to the lander module and effects rendezvous. The rendezvous propulsion is
provided by the lander module, since it is much lighter than the spacecraft and is thus
more efficient in applying velocity changes.

Trans-Earth Injection

The TEI maneuver uses a multiple-impulse technique, although the spacecraft is
already in an elliptical orbit with the periapsis position almost alined for a single-
impulse burn. Performance trade-offs between MOI, TEI, and parking-orbit elements
do not always yield an orbit which is perfectly alined at the time of TEI; therefore, the
multiple-impulse technique provides a launch window of more practical size.

The TEI maneuver is initiated with a burn near apoapsis to adjust the orbital
geometry in two respects. The orbital plane is changed to include the desired depar-
ture asymptote, and the periapsis altitude is raised to reduce flight-path-angle penal-
ties during the final departure maneuvers. The spacecraft then coasts to a position
near periapsis, where the final injection burn is made. By using this technique, a
30- to 50-day launch window can be achieved with only a small penalty. A similar
launch window occurs immediately following MOI. However, because of the Earth-
Mars geometry at the time of MOI, multiple heliocentric circuits are required for
Earth intercept, and the total trip time is not appreciably changed.




Mars-orbital stay time—

Mars orbit

Figure 1. - Heliocentric phase of the nominal minimum-energy,
Mars-landing mission profile.
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Figure 2. - Earth-orbital operations for TMI.
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FLIGHT-PLAN EVALUATION

Mission Opportunities

An analysis was made of the characteristics of conjunction-class missions by
using data similar to the two-body approximations presented in reference 16, but with
results tailored to the current analysis. This analysis includes all conjunction-class
opportunities from 1977 to 1985 and the maximum-energy conjunction-class mission
occurring in 1983.

A typical plot of velocity requirements for departure from Earth and arrival at
Mars during the 1983 launch window is shown in figure 5. Plots were made of the
velocity requirements for trip times of 160 to 400 days from which the mission trajec~
tories were selected. The velocity data shown in figure 5 are for transfers from a
262-nautical-mile circular Earth orbit to a 200-nautical-mile circular Mars orbit.
The velocity increments for other parking orbits are obtained by adding or subtracting
a constant increment from the data. In figure 6, the velocity requirements for Mars
departure and Earth arrival are shown for the 1983 mission, with a typical trip time
of 300 days.

Minimum velocities for the Earth-to-Mars trajectories were observed on Octo-
ber 8, 1977; October 29, 1979; November 16, 1981; and December 21, 1983, for the
departure leg at trip times of 340, 320, 300, and 280 days, respectively. Minimum
velocities for return from Mars orbit were observed on July 5, 1979; July 14, 1981;
August 3, 1983; and December 15, 1985. Thus, a typical minimum-energy mission
leaves Earth orbit on October 8, 1977, with an outbound trip time of 340 days and
arrives in Mars orbit on September 7, 1878. The next minimum-energy return after
arrival is on July 5, 1979. Therefore, the Mars-orbital stay time is 295 days if the
velocity increments for the mission are to be minimized.

In addition to the incremental velocity requirements of the transfer trajectories,
a non-mission-dependent velocity budget (table I) was added to account for gravity
losses, midcourse-correction requirements, and spacecraft attitude control. A total
of 1650 fps is added to the spacecraft propulsion requirements, and 600 fps is added to
the Earth-departure propulsion requirements, as determined by impulsive-velocity
calculations. The TMI gravity and steering losses are low because multiple-revolution
injection procedures are used. The gravity and steering losses for MOI and TEI are
low for two reasons: (1) the Mars parking orbit is elliptical, which reduces the mag-
nitude of the required velocity change (to which the gravity loss is related), and (2) the
Mars parking orbit is oriented to take advantage of the oblateness of Mars so that the
nominal burns occur near periapsis where the loss is usually a minimum.

The guidance velocity requirements and delivery accuracies for the various
phases of the mission are discussed in detail in references 17 to 19. The midcourse-
correction requirements shown in table I include an allowance for spinning the space-
craft to provide artificial gravity. This allowance is 250 fps for each heliocentric
phase. If the artificial gravity is found to be unnecessary for missions of 1- to 3-year
durations, then the non-mission-dependent velocity budget could be reduced by approx-
imately 500 fps.
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The nominal TMI launch windows from 1977 to 1985 are shown in figure 7. Al-
though the velocity requirements are plotted as a function of Earth-departure date, the
launch windows are actually discrete events occurring at approximately 2-year
intervals — the dashed lines are drawn to show trends. The mission opportunities are
indicated by the vertical bars and the year of Earth departure (e.g., 1977, 1979, etc.).
In figure 7, the minimum-energy requirements are indicated by the bottom of the bar,
and the requirements for a 50-day Earth-departure window are shown at the top of the
bar. All velocities include the non-mission-dependent velocity budget. The MOI and
TEI velocity requirements are shown as a total which represents the velocity capa-
bility required of the spacecraft. The maximum velocity requirement of 11 000 fps
occurs in the 1983 TMI launch window. However, the increase in spacecraft velocity
requirements for a 50-day launch window is almost constant at 300 fps. The TMI
requirements are more sensitive to departure time. The 50-day TMI launch window
requires from 600 to 1100 fps, depending on the TMI launch window. The maximum
TMI requirements occur in the 1983 mission launch window.

The Earth-entry velocity is indicated by a point rather than by a vertical bar in
figure 7 because the Mars-orbital stay time is adjusted to minimize the AV required
for TEI, and the trans-Earth departure and arrival dates are then fixed for the entire
TMI launch window. Thus, the Earth-entry velocify is constant for a given launch win-
dow, and the orbital stay time is variable. The Earth-eniry velocity does not exceed
40 000 fps, and its maximum occurs in the 1983 TMI launch window. Entry is as-
sumed to occur at an altitude of 400 000 feet.

The total trip time varies approximately 50 days for a 50-day launch window.
The maximum trip time (1028 days) occurs in the 1981 mission opportunity. The 1977,
1979, 1981, and 1983 mission parameters are presented in table II for the beginning,

middle, and end of the 50-day TMI launch window. The Earth-departure _\700 vectors

for the four opportunities are tabulated in the appendix. A 5-day reduction in the
1983 TMI launch window reduces the injection velocity requirements from 14 350 to
i3 420 fps. Therefore, a small reduction in the 1983 TMI launch window seems ad-
visable.

The 1983 mission opportunity apparently establishes the maximum propulsion
requirements, as determined by numerical comparisons. However, geometric reason-
ing to support this conclusion is also possible, as illustrated in figure 8. Figure 8 is
a plot of the Earth-Mars phase angle, the Mars ecliptic latitude, and the Mars-Sun
heliocentric distance. The Earth-Mars phase angle is the heliocentric angle between
Earth and Mars, plotted as a function of time. The Mars ecliptic latitude and the
Mars-Sun distances are sinusoidal and almost in phase. Thus, the maximum and min-
imum Mars-Sun distances correspond to maximum and minimum latitudes. The date
of TMI is indicated by a solid dot near the time scale, and Mars arrival is shown by an
asterisk on each parameter curve. Trans-Earth injection occurs approximately 1 year
after Mars arrival.

The 1983 mission opportunity, the maximum-energy conjunction-class mission,

results in Mars arrival with Mars near perihelion at a maximum southerly latitude
with respect to the ecliptic plane. Mars departure a year later occurs when Mars is
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near aphelion and maximum northerly latitude. The 1977 minimum-energy conjunction-
class mission results in Mars arrival and departure latitudes near zero and in a Mars-
Sun distance of approximately the mean value. The cyclic nature of these ephemeris
conditions at arrival and departure is apparent in figure 8.

The following are the minimum-energy Mars-landing mission requirements,
assuming a 50-day orbital-departure window, for the 1977 to 1985 time period.

TMI, fps . . . . o ..o 13 600
MOIL, fps . . . . . . . ... 6 500
TEIL, fps . . .« . .« . oo 4 500
Maximum Earth-entry velocity, fps . . . 40 000
Total trip time, days . . . . . . . . .. 1028

The minimum-energy mission profile has several desirable characteristics, in
addition to the low spacecraft AV requirements. The Earth-entry velocity is always
less than 40 000 fps, and entry can therefore be accomplished within current Apollo
technology. The maximum spacecraft distance from the Sun is 1.7 AU when Mars
is at aphelion; this distance avoids traverse of the asteroid belt and minimizes the
size of solar panels, if used. Spacecraft thermal-design requirements are less con-
straining because the spacecraft does not approach the Sun closer than 1.0 AU.

Spacecraft Performance Requirements

The determination of the spacecraft performance requirements depends on the
selected ''mode,'" which defines the technique of accomplishing a given mission within
the prescribed energy requirements. The analysis which led to the selection of the
mode described in this report is given in reference 4. Other mode studies of the
opposition- and conjunction-class missions (e.g., refs. 5 to 8) have been conducted
and different conclusions have been reached. The differences are directly related to
the assumed spacecraft module weights, with propulsion-system performance and
mission-energy requirements differing only slightly.

The spacecraft module weights assumed for this study (table III) have been de-
rived through in-house NASA studies and through contractor studies such as refer-
ences 2 and 3. Uncertainty exists concerning the actual module weights because of the
preliminary nature of existing design studies, and the uncertainty is indicated here by
listing optimistic and pessimistic values, as well as the expected value. Spacecraft
weights are based on a four-man crew, with the lander and the Mars-moon-rendezvous
vehicle using two of the four crewmen.

The expected weight of the mission module (50 000 pounds) includes 6000 pounds
for meteorocid protection and 9000 pounds for onboard experimental equipment. The
experimental equipment is assumed to remain on board the spacecraft throughout the
mission and could consist of a biological laboratory and various remote sensors, in-
cluding a large astronomical telescope.
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The amount of expendables (food, oxygen, water, etc.) is based on a four-man
crew and expulsion at the rate of 9000 1b/yr. The expendables will probably be stored
in the mission module, and the initial mission-module weight (i.e., at TMI) for a
3-year mission is expected to be 77 000 pounds. The optimistic and pessimistic values
of mission-module weight, including expendables, are thus 67 000 and 87 000 pounds,
respectively.

The Earth-entry module is an Apollo-type command module modified for a four-
man crew and for the slightly increased entry velocity. The operational lifetime of
the entry module need not exceed approximately 2 days, since the module will not be
manned until shortly before entry.

The 20 000 pounds of scientific probes are assumed expended in Mars orbit prior
to TEI. Atmospheric probes will actually be operated prior to MOI if the lander mod-
ule is inserted into orbit by aerobraking. The assumption of carrying the scientific
probes through the MOI maneuver and expending them in Mars orbit is therefore con-
servative. The following is a breakdown of jettisonable scientific weight: seven Mars
atmospheric probes at 400 pounds each, three soft-lander modules at 2400 pounds
each, a 10 000-pound Mars-moon-rendezvous vehicle, and 2500 pounds for expendable
mapping and survey equipment. The spacecraft weight at TMI, excluding the MOI and
TEI propulsion modules, has an expected value of 202 000 pounds with optimistic and
pessimistic values of 174 500 and 229 500 pounds, respectively.

The assumed characteristics of the propulsion systems considered in this analy-
sis are listed in table IV. The MOI module is cryogenic, with an expected specific
impulse of 445 seconds. The TEI module has a required lifetime of 3 years, assuming
that the module is used for midcourse corrections on the return trip, and the specific
impulse of 400 seconds is based on space-storable propellant. Optimistic, expected,
and pessimistic values are assigned to the propulsion-system performance parameters
because of the uncertainty of preliminary design data.

The total spacecraft weight required immediately after TMI is shown in tables V
and VI, in which the velocity budgeted for the MOI module is 6500 fps and the TEI mod-
ule is designed for the mission requirement of 4500 fps.

The advantage of aerobraking the lander module to Mars orbit (discussed in
ref. 4) is indicated by the difference in total spacecraft weight shown in tables V and
VI. The advantage (i.e., reduced spacecraft weight) increases as the spacecraft mod-
ule weight and propulsion-system performance tend toward pessimistic values. The
current uncertainties of the Mars atmosphere require that atmospheric probes bhe
launched from the main spacecraft to arrive prior to the lander module and to provide
guidance information for targeting of the entry flight-path angle. The entry-corridor
problem is complicated by the sensitivity associated with entry at near-parabolic speed
and with targeting for a highly elliptical orbit. Therefore, the option to carry the
lander module into Mars orbit as an integral part of the spacecraft should be retained
until more lander-module design is accomplished. This option is retained by assuming
sufficient performance in the MOI stage to retrofire the heavier spacecraft to Mars
orbit and by providing additional payload capability from Earth orbit.

15




Orbital-Launch Vehicle

The Earth launch vehicle is assumed capable of placing 400 000 pounds of pay-
load into a 260-nautical-mile circular orbit. Thisamounts to approximately 35 percent
uprating of the Saturn V, but no attempt is made in this report to determine actual
Saturn V uprating potential (ref. 8). The 400 000-pound payload capability was chosen
to show that this payload is sufficient for accomplishing the Mars mission with four
launches if a liquid-oxygen- and hydrogen-fuel OLV is used.

A schematic of the four launch configurations is shown in figure 9. The first
launch configuration places the spacecraft, without the Mars lander module, into the
assembly orbit with the crew in an Apollo command module (modified to carry the
fourth crewman). This command module is used only to provide launch-abort capabil-
ity and is not to be injected to Mars. The total payload available for the spacecraft is
360 000 pounds, which is determined by subtracting, from the launch-vehicle payload,
20 000 pounds for command-module crew transport, 20 000 pounds for interstages,
attitude-control fuel used during Earth orbit, and so forth. The second launch configu-
ration places the first OLV into the assembly orbit with the Mars lander module
stacked on top. The first OLV propellant tanks are off-loaded to compensate for the
weight of the Mars lander module. The third and fourth launch configurations place
the fully tanked orbital launch vehicles into the assembly orbit.

A weight summary of the assumed OLV is presented in table VII. The propellant,
which is liquid oxygen and hydrogen, has a specific impulse of 433 seconds. Each OLV
stage delivers a thrust of 200 000 pounds and has an inert mass of 44 500 pounds, which
consists of the dry-stage mass, the residuals, the instrumentation unit, and the for-
ward attitude propulsion systems. The OLV-stage mass will be lower at the time of
orbital departure than at the time of orbital insertion because of propellant venting
(assuming 30-day maximum storage in orbit), interstage and nose-fairing jettison,
and attitude-propulsion-system jettison. Thus, at the time of orbital departure,
the total OLV weight is 367 200 pounds, assuming a full propellant load of
322 700 pounds.

The assembled spacecraft (including the Mars lander module) and the orbital
launch vehicles have a required ideal velocity capability of 13 600 fps. The ideal veloc-
ity capability of this assembled configuration is shown in figure 10 as a function of the
Mars lander-module weight. The 13 600-fps ideal velocity requirement can be met
with a Mars lander module weighing 90 000 pounds (with an actual capability of
13 721 fps); thus, the total spacecraft weight injected toward Mars is 450 000 pounds.
The distribution of AV among the OLV stages is shown in table VIII. This is a suffi-
cient capability for all cases considered in the previous section if the lander module is
placed in Mars orbit by aerobraking (table V). If the lander module is taken into Mars
orbit as an integral part of the spacecraft (table VI), the 450 000-pound capability is
sufficient for all (except the most pessimistic) combinations of spacecraft module
weight and spacecraft propulsion-system performance.

The launch sequence indicated in this report places the Mars lander module be-
hind the MOI module, and it is assumed that the lander module will be staged prior to
MOI for aerobraking. If this sequence is not used, the lander module must be docked
onto the forward end of the spacecraft some time prior to MOI.
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TABLE I. - NON-MISSION-DEPENDENT VELOCITY BUDGET

Maneuver Velocity,
fps
TMI gravity and steering losses 600
Trans-Mars midcourse corrections and 500
artificial gravity
MOI gravity and steering losses 100
Mars-orbital maneuvers and artificial 500
gravity
TEI gravity and steering losses 50
Trans-Earth midcourse corrections and 500
artificial gravity
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TABLE III. - SPACECRAFT WEIGHT ASSUMPTIONS

Missionmodule, 1Ib. . . « « v+ ¢ ¢ o v o v e oo 50 000 + 10 000
Entry module, Ib . . .« . « v v v o v 0o oo 15 000 + 2500
Marslander, Ib. . . . . . v v v v v 0 v v e e 0. 90 000 + 15 000
Expendables, I0/yr . . . . .« v o v v v e e 9000
Scientificprobes, Ib . . . . . . oo 0o c e 20 000

TABLE IV.- PROPULSION-SYSTEM PERFORMANCE ASSUMPTIONS

Space-storable systems:
Specific impulse, sec . . . .. 000 o 400 + 15
Stage mass fraction . . . . ... 00000 0.20 £ 0.05
Cryogenic systems:
Specific impulse, sec . . . . . . . 445 + 15

Stage mass fraction . . . . .. .00 000 0.20 £ 0.05
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TABLE V. - VARIATION IN TOTAL SPACECRAFT WEIGHT

FOR AEROBRAKED LANDER

Propulsion- Spacecraft module weight, 1b
system

performance Optimistic Expected Pessimistic

Optimistic 272 931 319 416 365 901

Expected 289 808 339 207 388 605

Pessimistic 310 262 363 213 416 164

TABLE VI.- VARIATION IN TOTAL SPACECRAFT WEIGHT

FOR NON-AEROBRAKED LANDER

Propulsion- Spacecraft module weight, 1b
system

performance Optimistic Expected Pessimistic

Optimistic 314 368 371 211 428 055

Expected 336 496 397 567 458 638

Pessimistic 363 112 429 275 495 438




TABLE VII. - ORBITAL-LAUNCH-VEHICLE WEIGHT SUMMARY

Weight, 1b

Drystage . . . ¢« ¢« v ¢« vt v o v v vt et e e e v . 33000
Instrumentationunit . . . ... ... ... o000 6 000
Forward attitude propulsion system ., . . . . . . . .. 3 000
Fuel residuals . . . . . v v v v v v v v v v v v 2 500
Nose fa,iringa ...................... 2 600
ATt ANterStage” . .« v v v e e 6 300
Aft attitude propulsion sys’cema ............ 7 900
Propellant venteda ................... 16 000
Usable propellant . . . . . .« v o v v v v 0 v v . . 322 700

Total launch weight . . . . . .. . .. ... ..., 400 000

AThis weight lost in Earth orbit prior to TML

TABLE VIII. - ORBITAL-LAUNCH-VEHICLE PERFORMANCE CAPABILITY

Useful Burn Initial Maximum
Stage propellant, t thrust-to-weight AV, fps
ime .
b ’ ratio (a)
1 232 700 504 0. 2750 5 372
2 322 700 699 . 1827 4 871
3 322 1700 699 . 1368 3478
Total 878 100 -- -- 13 721

27 total spacecraft weight of 450 000 pounds and the orbital-launch-vehicle
weights of table VII are assumed.

21




3

30X 10 I
Total — Total
transfer velocity
o5 |- velocity Earth

required / departure

20 j
Departure from \Mars arrival
262-n. mi.
circular Earth

15 orbit ———————; /

\m_,<
Arrival at 200-n.

circutar Mars orbit

10

Maneuver velocity requirements, fps

mi.

0
5650 5700 5750 5800 5850 5900 5950 6000 6050

Date of departure from Earth orbit, days after Julian date 2 440 000

Figure 5. - Velocity requirements for transfer from Earth to Mars in 1983
with a total trip time of 280 days.




Velocity requirement, fps

60 %10
Earth-entry velocity at 400 000-ft altitude
50
40 <~V
30

Wb\ /
/

Departure from 200-n. mi. circular Mars orbit

r N/ ,
"

0

6200 6300 6400 6500 6600 6700

Date of departure from Mars orbit, days after Julian date 2 440 000

Figure 6. - Velocity requirements for transfer from Mars to Earth in 1983
with a total trip time of 300 days.

23




]

1

Total trip time, days

Earth-entry
velocity, fps

Velocity requirements, fps

Requirements for a 50-day
« Earth-departure window

Minimum=-energy requirements

All AV include velocity budget
TMI = 600 fps
MOl + TElI = 1650 fps

Mars orbit, 200 by 10 000 n. mi.

100
000 |—= B B ES
Lol===15 1981 |  Tobt--l==d4-L
1977 1979 1983 1985
900 |
3
40 X 10 , —Teo
_b-"1983 [T==<4_
e 1985
38 o=t 1981
o_,-!,l!“
1977 1979 ‘
36
14 x10°
T M
11 [ ™,
1977 1979 1981 1983 1985
S S
t L __Lz-t- \—MO!I + TEI
8

3200 3600 4000 4400 4800 5200 5600 6000 6400 6800

Date of TMI, days after Julian date 2 440 000

Figure 7. - Conjunction-class Mars-landing mission opportunities.




Mars
ecliptic
latitude,

Mars
heliocentric

radius

2
g o
-2
1.8
1.6
2
1.4
1.2
Apollo
command
module

Mission modute

1 6-ft antenna ————

Gravity spacer
Probes

Earth-Mars phase angle, deg

180
160

120

Lead

@ Earth departure
sk Mars arrival

_-~--_N_ /\?s heliocentric latitude

Mars hehocentnc radms

/f\
iy A

1977 1978 1979 1980 1981 1982 1983 1984 1985 1986 1987 1988
Calendar date, year

Figure 8. - Mars ephemeris parameters.

401 ft
361 ft
—— Spacecraft fr———m
T H i '
‘ , docking ¥ i
[ a
V \\é /// \\\
|’\ A ! Mars \\‘
| N ) ’ del’ )
; l et H ertial

Inertial | "~y —-=-r

Mars-moon

rendezvous module

L unit — - unit—

SN
Entry module vau i
Trans- Earth module —p=—=- 7
3 i [ N7 HY
- RN HUSR & Ny
- Rl Rl I SN
. ') [ 1 O v Hh
Mars-orbital module LL_J_}‘__.’J cefeoanndd
Loenad
R S_“ S"“
Docking 'L\E _ _ A i 251 it
S-Il

Configuration | Configuration |l Configurations Hl and 1V

Figure 9. - Orbit-assembly launch configurations.

25




Impulsive-velocity increment, AV, fps

26

16

15

14

13

12

11

10

l

1

OLV prime payload = 360 000 Ibm

OLV-stage mass at orbital-
departure time, lbm

367 200]

[347 200]

\

Design
point

327 200

307 200
Y,

—
\\
T
T
——

g

387 200

~

\
\

[ ]]

T
T~

A

o

10

30

40 50 60
OLV auxiliary payload, Ibm

80

90

100 X 10>

Figure 10. - Ideal AV as a function of OLV stage mass and auxiliary payload.




LAUNCH-WINDOW ANALYSIS

The major interactions and constraints affecting the schedule of events during the
Earth-departure phase of the minimum-energy mission are illustrated schematically
in figure 11, The minimum and maximum values specified in the figure are not nec-
essarily firm requirements, but they were treated as such in this report to obtain
specific numerical results.

To maintain a reasonable probability of mission success, the launch schedule
should be as flexible as possible (i. e., the launch windows shown in fig. 11 should be
as wide as possible) so that unpredicted operational delays can be accommodated. The
orbital-departure window determines the phasing of the entire launch schedule. For
this reason, and because it is rigidly constrained by astrodynamic considerations, the

~orbital-departure window is the most critical element in the launch schedule and is the
logical starting point for analysis.

Orbital-Departure Window Definitions

The variation of the AV required for interplanetary departure from a circular
assembly orbit is illustrated in figure 12. The lowermost curve represents the basic
(or zero plane change) requirement, which reflects the variation in the magnitude of

the required '{700. Generally, 700 is a function of two variables, the Earth-departure

date and the target-planet arrival date. In this report, it is assumed that, for a given
departure date, only one arrival date will satisfy overall mission requirements and
constraints. This assumption effectively frees the orbital-departure analysis from the
heliocentric-mission-profile analysis. If this were not true, the basic energy curve
would be replaced by a surface. It would then be possible to trade off energy and plane-
change penalties by varying the arrival date to reduce the orbital-departure AV re-
quirement (ref. 20). Any AV reductions realized from such a trade-off would be at
least partially offset by payload penalties accruing from greater variability in the
overall mission profile (ref. 21).

The upper dashed curve in figure 12 defines the nodal window, and the shape of
the curve depends on the elements of the assembly orbit and on the orbital-departure
technique. The nodal window curve is actually the envelope of minimums on a cyclic
curve of AV requirements, of which only the lower portions of three cycles are shown.
These requirements oscillate with a period approximately equal to the period of the
assembly orbit. The anomalistic variations depend primarily on the angular location
in the assembly orbit at which the departure maneuver is initiated. For this analy-
sis, it is both valid and convenient to ignore the anomalistic variations and to con-
sider the nodal window to be a continuous function. In this approach, it is assumed
that departure will be initiated precisely at the correct time within a given orbital
revolution. This approach is justified by the fact that the interval between anomalis-
tic windows is small compared to the width of the nodal window that is of primary con-
cern in this report.
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The nodal window is mostly influenced by plane-change requirements that arise
from nodal regression of the assembly orbit. Secondary contributions to the shape of
the envelope of anomalistic minimums include variations of the hyperbolic asymptote
direction and apsidal rotation in the case of elliptical assembly orbits.

The motions of the departure asymptote and an arbitrary assembly orbit relative
to an inertial coordinate system are illustrated in figure 13 for a typical mission oppor-
tunity. Time is measured in days from the date of minimum V_  in the synodic win-

dow. The assembly orbit is oriented to contain the departure asymptote 12 days before
the minimum-energy date. The assembly-orbit node rotates much more rapidly in
inertial space than the departure asymptote, as usually occurs for most interplanetary
mission opportunities.

Assembly-orbit and departure-asymptote coordinates are referenced to a rotating
coordinate system defined by the equator and the ascending node of the assembly orbit
(fig. 14). In this reference frame, the assembly orbit is stationary, and the departure
asymptote appears to move quite rapidly, infersecting the assembly-orbit plane at
t = -12 days and approximately 16 days later at t = +4 days. Plots in this coordinate
system are helpful for evaluating the relationship of assembly-orbit inclination and
asymptote declination. The orbit inclination must be equal to or greater than the

absolute value of the asymptote declination if coplanar departure is to be possible.

The implication in figure 14 regarding optimal orientation of the assembly-orbit
ascending node is of particular importance. To achieve maximum width of the nodal
window, the ascending node should be oriented so that, on the date of minimum V_,

this node will be approximately 90° from the right ascension of the departure asymp-
tote. Such an orientation will allow a favorable trade-off between the AV contribu-
tions arising from plane-change requirements and the basic energy requirements. A
rapid variation of asymptote declination or a highly nonsymmetric basic energy window
implies a bias of the nodal orientation.

Multiple-Impulse Orbital-Departure Technique

To reduce the AV penalties arising from plane-change requirements and gravity
losses, a multiple~-impulse orbital-departure technique was chosen for analysis. The
geometric aspects of the departure sequence are shown in figure 15. Although five
impulses are used, the departure sequence is equivalent (in terms of impulsive AV)
to a three-impulse maneuver. The technique was to optimize the sequence as if it
were a three-impulse maneuver and then divide the first impulse into three colinear
subimpulses to accommodate the AV capabilities of the individual OLV stages.

The advantage of the three-impulse maneuver over one-impulse and two-impulse
maneuvers is illustrated in figure 16. A simplified computation technique whichyielded
only quasi-optimum results was used toreduce computation time. In the quasi-optimum
three-impulse technique, the first and third impulses change only the instantaneous
velocity magnitude (leaving azimuth and flight-path angle unchanged), and the second
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impulse changes only the instantaneous azimuth (leaving velocity magnitude and flight-
path angle unchanged). The third impulse is constrained to lie at the perigee of the
final ellipse. The location (in the intermediate ellipse) of the second impulse is opti-
mized to yield the minimum plane-change AV for a given relative declination and

magnitude of 3700. The location (in the assembly orbit) of the first impulse is adjusted
by iteration to yield the required relative longitude of “‘\700. Given the location of the
first impulse, the magnitudes of the first and third impulses are determined, respec-

tively, by the specified period of the intermediate ellipse and the magnitude of ‘\700.

The accuracy of the quasi-optimum technique is discussed in reference 9, in
which the technique is compared with a rigorous three-impulse optimization (ref. 22)
and with one- and two-impulse optimizations (ref. 23). The total AV resulting from
the three-impulse quasi-optimization is essentially equal to the true minimum AV for

vw magnitudes and relative declinations (measured from the assembly-orbit plane) of

the order encountered in Mars conjunction-class missions.

The AV requirement for plane change depends on the size of the final ellipse in
the departure sequence, and the AV decreases as the ellipse gets larger (fig. 17). A
final orbital period of 48 hours was chosen for the purposes of this analysis. The
plane-change AV requirements were computed with the assumption that the instan-
taneous perigee altitude would be held constant throughout the actual finite-thrust
plane-change maneuver to avoid atmospheric entry in the event of a premature engine
shutdown. The impulsive approximation of the characteristic velocity increment re-
quired for such a maneuver is the arc-type AV shown in figure 18.

Gravity Losses

In addition to reducing the impulsive AV requirements for out-of-plane depar-
tures, the multiple-impulse technique also reduces the gravity losses that result when
the finite thrust level of the OLV is considered. The magnitude of the gravity-loss re-
duction depends on the performance characteristics of the OLV propulsion system and
can be very significant. In this analysis, approximate gravity losses were computed
and added to the impulsive AV for each burn in the departure sequence. For this pur-
pose, equation (25) of reference 24 was used by multiplying with a calibration factor
obtained from numerically integrating finite~-burn simulations.

Assembly-Orbit Parameters

Several sets of parameters can be chosen to describe the assembly orbit. The

parameters chosen for this analysis were hP, hA, i, QO’ @ and Uy The right

ascension of the ascending node and the argument of perigee must be treated as func-
tions of time in the orbital-departure-window analysis because of the significant per-
turbing effects of Earth oblateness. The secular effects, as defined by the equations
in reference 25, of the second and fourth gravitational harmonics are included in the
orbital simulations. However, the long- and short-period oblateness perturbations
are ignored, as are atmospheric, lunar, and solar effects.
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Since the period of any reasonable assembly orbit is short, compared to the de-
sired width of the nodal window, the specific value given Uy is relatively unimportant.

However, to permit assembly of the spacecraft, it is necessary that all the separately
- launched modules eventually be injected into a common orbit in which Uy, 28 well as

the other orbital parameters, has a specific and precise value., The rendezvous opera-
tions are simplified if the assembly~orbit parameters hP’ hA’ and i are chosen s0

that the values of the remaining parameters (QO, @ 0 and uo), which result from nom-

inal insertion at the end of a standard ascent trajectory, simultaneously recur at reg-
ular launch intervals. For elliptical assembly orbits, the intervals between simultaneous
recurrences are so long that they are of no practical significance. However, if a
circular assembly orbit is used, Wy becomes meaningless, and it is necessary only
that QO and u, recur simultaneously. Since the elliptical assembly orbit could pro-
vide significant performance gains, both types of assembly orbiis are considered in
the analysis.

Circular Assembly Orbits

Many circular assembly-orbit families exhibit the desired recurrence charac-
teristic previously described. Three of these families are illustrated in figure 19,
Each family is characterized by a unique integer N that corresponds to the number of
orbital revolutions between each direct-rendezvous opportunity in a given launch-
azimuth quadrant. Within each of these families, there are several discrete orbits for
which two direct-rendezvous opportunities, one in the northeast quadrant and one in the
southeast quadrant, occur during a primary recurrence interval of N orbital periods.
Each discrete rendezvous-compatible orbit is characterized by a second integer M-
that corresponds to the number of orbital revolutions between the direct-rendezvous
opportunity in the northeast quadrant and the succeeding direct-rendezvous opportunity
in the southeast quadrant. Within each N-family, the index M begins at one for an
inclination slightly greater than the latitude of the launch site and increases with higher
inclinations. '

Three rendezvous-compatible circular assembly orbits with indices of N = 15
and M=1, M=2, and M =3 were chosen for this analysis. These orbits are des-
ignated in figure 19 by circles. Pertinent characteristics of these orbits are shown in
table IX. The launch azimuths shown are measuredina rotating Earth referenceframe
and are based on analytical approximations to account for the effect of Earth rotation.

To achieve maximum flexibility in the overall launch schedule, the orbital param-

eter QO must be optimized to attain the maximum possible width of the nodal window.

If the epoch tO

V_ is at a minimum, then the optimum value of §2

for a given synodic period is chosen to be the date on which the required

0 is approximated by

sin &

0 s
QO:Q,O- l—S—iﬁ—é—O—!go (1)
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where aq and 60 are the right ascension and declination, respectively, of the Earth-
departure asymptote at tO' This value can be used as a starting point for a more ac-
curate numerical optimization, which is usually necessary because of variations in the
asymptote direction and because of asymmetry in the curve of V_  versus time.

The optimization was accomplished by scanning £, at discrete intervals in the

0

neighborhood of the value given by equation (1). Direct control of QO was exercised

by fixing the lift-off time and the launch azimuth for the initial launch (i.e., the main
spacecraft) to the assembly orbit and then varying the launch date. The results of a
typical 520 scan are shown in figure 20. '

The width of the orbital-departure window is only moderately sensitive to SZO

in the region of the optimum value, as indicated in figure 20. Any appreciable reduc-
tion in the AV capability of the OLV causes a loss of several days near the center of
the orbital-departure window unless QO is reselected to reduce the height of the re-

flected vertex of the AV requirement curve.

The optimization was performed within the total orbital-departure AV of
13 860 fps, including gravity losses, to provide a maximum width of the nodal window.
This AV is 139 fps higher than the capability shown in table VIII for the OLV. The
1-percent discrepancy results from an upward revision of the estimate of required
payload after most of the calculations had been performed and has the effect of reduc-
ing the orbital-departure window by 1 or 2 days. In view of the preliminary nature of
payload information, it was not considered useful to recompute the orbital-departure-
window parameters for the revised payload estimates.

The effect of assembly-orbit inclination on a typical mission opportunity is shown
in figure 21. For all the mission opportunities investigated, the lower assembly-orbit
inclinations consistently yielded narrower orbital-departure windows, but required
less AV in the center of the orbital-departure window. The lowest inclination
(29. 16 °) was selected for further analysis because the lower AV requirement allows
a greater margin to compensate for uncertainties in the OLV performance capability.
Lower inclinations generally provide for a greater payload capability into orbital and
orbital-rendezvous operations.

Elliptical Assembly Orbits

Although an elliptical assembly orbit cannot provide rendezvous compatibility of
the type previously described for circular assembly orbits, it does have advantages
with respect to the conversion of propulsive energy to orbital energy during the Earth-
departure maneuver. The basic phenomenon is illustrated in figure 22, which shows,
for a representative V_, orbital-departure AV requirements as functions of the rela-

tive declination and the relative longitude of the departure asymptote. The relative
longitude in this instance is measured from the perigee of the elliptical assembly
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orbit. The semimajor axes of the circular and elliptical assembly orbits chosen are
equal; hence, the initial orbital energies are equal. As relative longitude varies, the
elliptical AV describes a sine curve with a mean value approximately equal to the
circular AV requirement.

Because the line of apsides of the elliptical parking orbit rotates rapidly under
the influence of Earth-oblateness effects, the optimum relative longitude occurs only
briefly within an orbital-departure window. However, as indicated in figure 23, the
orbital parameter W, can be chosen to deepen the nodal window or to widen it at a
given AV.

A comparison of nodal windows for circular and elliptical assembly orbits in a

typical synodic period is given in figure 24. The values of o and 320 are optimized

to yield maximum nodal window width at a AV of 13 860 fps. The perigee altitude of
the elliptical assembly orbit is arbitrarily set at 100 nautical miles, and the apogee
altitude is adjusted to equate the inserted payload capability to the payload capability of
the corresponding circular assembly orbit. In the four mission opportunities studied,
the elliptical assembly orbits yielded deeper nodal windows and greater orbital-
departure-window widths than the circular assembly orbits for the AV chosen.

The use of an elliptical assembly orbit provides efficient payload flexibility by
raising or lowering the apogee altitude. However, in a comparison of the nodal win-
dows, it should be emphasized that atmospheric perturbations were not included in the
mathematical simulations. The circular-assembly-orbit altitude (260. 33 n. mi.) is
high enough that atmospheric decay should be negligible over the period of interest.
Although it is not expected to be sufficient to alter any conclusions regarding orbital-
departure feasibility, atmospheric drag at the 100-nautical-mile perigee altitude of the
elliptical assembly orbit is expected to have a perceptible effect on the nodal window.

32




TABLE IX. - CIRCULAR ASSEMBLY-ORBIT PARAMETERS®

Inclination, Altitude, Launch azimuth, deg Launch interval, hr
deg n. mt. Northeast Southeast ot At
(b) (c)
29.16 260. 33 83.12 97.51 1. 66 23.49
31.08 260.83 75. 36 105. 28 3.33 23.50
34.70 261. 87 66. 33 114. 30 4.99 23.52

%Phased for twice-a-day standard rendezvous.
bBetween the northeast and southeast launch azimuths.

c . .
Between launches on a given azimuth.
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Event

Main-spacecraft systems-lifetime and orbital-decay constraint (%90 days, max.)

Main-spacecraftl Launch-pad

OLV propellant boiloff and systems

lifetime constraint (=30 days, max.)

OLV-stage ascent window

ascent window ‘ turnaround
(15 days, min,)

[Main‘spacecraﬂ launch (pad no. 1)

prRRRe

|OLV stage 3 launch (pad no. 3)

IOLV stage 2 launch (pad no, 2)

B SO IISSTTIS
KRR RN

Rendezvous and check-out (1.5 days, min,)=e=

l OLV stage 1 launch (pad no, 1)

Rendezvous and check-out
(3 days, min,) —a==

| Orbital-departure maneuvers —=

LSpacecraft injection into departure hyperbola

Orbital-departure maneuvers-»‘ =

Orbital-departure window

Time, days

Figure 11. - Launch schedule constraints and interactions.
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Figure 12. - Definition of orbital-departure windows.
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Figure 15. - Geometry of the five-impulse departure technique,.
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Figure 16. - Comparison of nodal windows for one-impulse,
two-impulse, and three-impulse departures.
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Figure 17. - Effect of final ellipse size on nodal window (nominal
orbit orientation), 1977 mission opportunity.




Arc-type AV =V, W

Chord~type AV = 2 V 7 sin (W/2)

A

Figure 18. - Comparison of chord-type and arc-type plane-change
velocity increments.
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Figure 19. - Circular assembly-orbit altitudes to provide direct-rendezvous capability.
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Figure 21. - Effect of inclination on nodal window for circular assembly
orbit (gravity losses included), 1981 mission opportunity.
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Figure 23, - Effect of apsidal orientation on nodal window (nominal nodal
orientation), 1977 mission opportunity.
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Figure 24, - Comparison of orbital-departure windows for elliptical and
circular assembly orbits, 1981 mission opportunity.
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LAUNCH SCHEDULES

Table X is a summary of the launch schedules for each of the four mission oppor-
tunities investigated. These schedules are based on the use of optimally oriented cir-
cular and elliptical assembly orbits with inclinations of 29. 16 °.

The overall circular assembly-orbit launch schedule for each of the four mission
opportunities is illustrated in figures 25 to 28. Figures 29 to 32 illustrate the launch
schedules for elliptical assembly orbits. The circular and triangular symbols shown
in figures 25 to 32 indicate the lift-off time for each in-plane launch opportunity within
the appropriate ascent window.

The lift-off times for the first launch were constrained to lie between 13: 00 and
18:00 hours G.m.t. This constraint was necessary to ensure favorable lighting condi-
tions in the suborbital abort recovery area and was based on the assumption that the
main spacecraft would be manned during the ascent to the assembly orbit. The limits
are probably more restrictive than would be necessary.

The main-spacecraft ascent window can be widened by relaxing the lift-off time
constraint (as indicated by the dashed lines in figs. 25 to 32). Alternatively, if the
launch of the main spacecraft slips beyond the closing date of the nominal ascent win-
dow, the lift-off time can be held at the constraining value, which allows S}O to vary

from its optimum value. This procedure causes the orbital-departure window (hence,
the OLV ascent window) to shift toward the right and to become progressively smaller
(fig. 33). However, a delay of several days can be accommodated without a serious
degradation of the orbital-departure window. The indication in figure 33, that the
opening date of the orbital-departure window advances at almost exactly the same rate
as the date of lift-off, is important. Therefore, the time interval available for pad
refurbishment remains almost constant, although the main-spacecraft launch may be
delayed several days beyond the nominal closing date. Table XI summarizes the ef-
fects of main-spacecraft launch delays in all four mission opportunities, assuming the
lift-off time constraint is maintained.

In figures 34 to 41, AV requirements are shownfor interrupted orbital-departure
sequences. At selected points within the optimum circular-orbit departure window for
each of the four mission opportunities, delays are assumed to occur after the first
burn (figs. 34 to 37) and after the second burn (figs. 38 to 41) in the normal departure
sequence. Such delays may be either inadvertent as a result of resolvable system mal-
functions or deliberate. For example, if a malfunction is detected in an upper OLV
stage or in the main spacecraft near the end of the nodal window, it may be possible to
save the mission by burning one or both of the lower OLV stages to achieve a holding
orbit which has a lower nodal regression rate and thus to extend the orbital-departure
window.

With regard to propulsion requirements, orbital departure is usually still pos-
sible after a delay of several days in an intermediate ellipse, and impressive
extensions of the orbital-departure window are possible by deliberately firing into a
holding orbit (figs. 34 to 41). However, holding in a high ellipse for an extended time
requires repeated passes through the Van Allen radiation belfs. An evaluation of the
inherent radiation hazards must be made before the holding maneuver can be consid-
ered practical as a contingency measure.
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TABLE X. - LAUNCH-SCHEDULE SUMMARY FOR MARS CONJUNCTION-CLASS MISSIONS®

Event or mission parameter Mission opportunity
Symbol Description 1977 1879 1981 1983
tO . Epoch; departure date for minimum V_,
days after Julian date 2 440 000 , ., ., . 3426.0 4182.0 4936.0 5715.0
(3426. 0) (4182.0) (4936. 0) (5716. 0)
QO Right ascension of assembly-orbit
ascending node at tO’ deg . . . .. .. -18.97 -40. 32 -9.39 C. 66
(-19. 30) (-25.17) (~9.15) (23.54)
@y Assembly-orbit argument of perigee
at tO’ deg . ... . - - -
(18.77) (102. 30) (153. 80) (175. 80)
tM i Date main spacecraft ascent window
: opens (lift-off time for northeast
launch, 18:00 G.m.t.) . .. ... .. Aug. 4 Aug. 24 Sept. 17 Nov. 1
(Aug. 4) (Aug. 26) | (Sept. 17) (Nov. 4)
AﬁM Width of main spacecraft ascent window;
(constant QO and u)o), days . . ... 12.8 12. 8 12. 8 12.8
(12.8) (12. 8) (12. 8) (12. 8)
N’VI Number of in-plane launch opportunities
’ in main spacecraft ascent window . . . 22 22 22 22
(22) (22) (22) (22)
tM 9 Date main spacecraft ascent window
’ closes (lift-off time for southeast
launch, 13:00 G.m.t.) . . ... .. .. Aug, 17 Sept. 6 Sept. 30 Nov, 14
(Aug. 17) (Sept. 8) | (Sept. 30) (Nov. 17)
At) Time available for pad turnaround,
! days ... .. L0 e >29 >27 >25 >22
(>29) (>26) (>24) . (>21)
tS 1 Date OLV-stage ascent window opens,
’ =~ 5.5 days before tD Lo Sept. 15 QOct. 3 Oct. 25 Dec. 6
’ (Sept. 15) (Oct. 4) (Oct. 23) (Dec. 8)
At Width of OLV ascent window, days . . . 31. 4 29.4 28.5 32. 4
S (31.4) (29.4) (28. 4) (33.3)
NS Number of in-plane launch opportunities
in OLV ascent window . . . . . . . . .. 66 62 60 68
(66) (62) (60) (70)
tS 9 Date OLV-stage ascent window closes,
> o > 4,0 days before S IR Oct. 17 Nov. 2 Nov. 23 Jan, 8, 1984
’ (Oct. 17) (Nov. 3) (Nov. 22) |(Jan. 11, 1984)
tD 1 Date orbital-departure window opens
(b’ (AV =13860fps). . . ... ... ... Sept. 21 Oct. 9 Oct. 31 Dec. 12
) (Sept. 20) | (Oct. 10) | (Oct. 30) (Dec. 14)
At Width of nodal orbital-departure window,
b ARYE v v e e e 30.5 27.9 97,1 31.2
(30. 5) (28. 3) (28. 4) (32.0)
ND Approximate number of anomalistic
orbital-departure windows in nodal
orbital-departure window . . . . . .. 466 426 414 4717
(465) (432) (433) (488)
t Date orbital-departure window closes
D, 2 (AV = 13860 fpS) . . .o v o v ot Oct. 21 Nov. 6 Nov. 27 | Jan. 12, 1984
() (©Oct. 21) | (Nov. T | (Nov. 27) |(Jan. 15, 1984)

% The values shown are for a 260. 33-n. mi. circular assembly orbit, and the data enclosed in parentoheses
apply to a 100- by 427, 36-n. mi. elliptical assembly orbit. The orbital inclination in both cases is 29. 16",

bTime of final transplanetary-injection burn — first burn in orbital-departure sequence occurs 2.5 days earlier,
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TABLE XI. - ORBITAL-DEPARTURE WINDOWS FOR DELAYED

SPACECRAFT LAUNCHES®

Width of nodal window for main-gpacecraft launch delay of —
Mission (b)
opportunity
0 to l(i)days 20 days 25 days 30 days
1977 30.5 30.0 28.0 42,0
1979 27.9 27.6 26.0 22.5
1981 27.1 26.9 25,3 22.5
1983 31.2 8.0 9. 8 7.0

2960.33-n. mi. circular assembly orbit with an inclination of 29, 16°,
bWid’th of nodal window in days, assuming OLV capability = 13 860 fps.
“Nominal main-spacecraft ascent window (constant QO).

dLaunch window limited by mission constraint on orbital-departure date rather
than by excessive AV requirement.
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circular assembly orbits,
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Figure 34. - Interrupted departure sequence for the 1977 mission
opportunity (delay following first burn).
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Figure 36. - Interrupted departure sequence for the 1981 mission
opportunity (delay following first burn).
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Figure 38. - Interrupted departure sequence for the 1977 mission
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Figure 40. - Interrupted departure sequence for the 1981 mission
opportunity (delay following second burn).
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CONCLUSIONS

The minimum-energy mission profile for manned exploration of Mars permits the
accomplishment of an increased list of scientific objectives, when compared with
shorter duration mission profiles. The two most significant factors in obtaining this
increase are (1) the increased payload available because of lower total energy require-
ments and (2) the increased Mars-orbital stay time which can be profitably used with the
increased payload for scientific observation.

The performance requirements for minimum-energy profiles are nearly constant
for all mission opportunities. Therefore, although, a missed mission opportunity re-
quires a wait of approximately 2 years, as with the shorter duration profiles, major
spacecraft or propulsion-system modification is not required, and a single spacecraft
design can more readily accommodate all mission opportunities. The maximum Earth-
entry velocity for a minimum-energy mission does not exceed 40 000 fps and is within
current Apollo technology.

The orbital launch window for the minimum -energy mission and the assumed
vehicle is approximately 30 days and is relatively insensitive to delayed launches or
interrupted departure sequences. The first launch of a four-launch assembly can be
delayed up to 30 days and still retain a 22-day orbital-departure window. The time
available for launch-pad turnaround is in excess of 21 days, assuming that three pads
are available and that four launches are required.

The minimum-energy mission is feasible with state-of-the-art technology. It can
be accomplished with a 450 000-pound spacecraft (including 119 000 pounds of functional
payload) by using cryogenic propulsion for Mars-orbital insertion and space-storable
propulsion for trans-Earth injection. Four launches of an uprated Saturn V, each capa-
ble of placing 400 000 pounds of payload into a 260-nautical-mile circular orbit, provide
sufficient injection velocity, assuming liquid-oxygen- and hydrogen-fueled orbital-
launch vehicles. '

Manned Spacecraft Center ,
National Aeronautics and Space Administration
Houston, Texas, July 23, 1969
909-40-30-00-72
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APPENDIX
EARTH DEPARTURE HY PERBOLIC-EXCESS-VELOCITY VECTORS

Tables XII to XV are listings of the Earth-departure Q\zo vectors for Mars
conjunction-class missions in 1977, 1979, 1981, and 1983. The _‘700 is defined as the

planet-centered velocity vector that a spacecraft would attain affer an infinite coast
time on a hyperbolic trajectory if acted upon only by the departure-planet gravitational
acceleration. The magnitude of this vector is given by the vis viva equation in which
R, the radius from the center of the planet, approaches infinity. The direction of the
vector is the direction of the hyperbolic departure asymptote translated to the center of
the planet.

The "{700 vectors listed in the tables were generated with a matched-conic program

(ref. 26). The coordinate system is referenced to the true equator and the vernal
equinox of date. The Julian date of departure is the time when the spacecraft is at the
periapsis of the departure hyperbola. Figure 42 is a schematic representation of the
tabulated data.

Theoretical analysis of the dynamic simulation suggests that the matched-conic
?foo yields optimistic injection-velocity requirements. A single-point comparison was

made between a precision-integrated trajectory and a matched-conic trajectory. The
results of this point check tended to verify the theoretical analysis. Also, the matched-

conic velocity vector V. at the sphere of influence, used as a _V:o in the geocentric

0
two-body equations, yields an injection velocity that agrees well with the precision-

integrated '{70' The directions of the 'i‘foo and §O vectors for a given interplanetary
trajectory are essentially the same. The slightly conservative "i'?o values were used
as the “{700 magnitude in the launch-window analysis, and ‘{70 is presented in

.

tables XII to XV. The direction of the departure asymptote was that given by V__
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TABLE XII. - EARTH-DEPARTURE “‘i?oo VECTORS AND “{70 MAGNITUDE FOR

THE 1977 MARS CONJUNCTION-CLASS-MISSION LAUNCH WINDOW

ez

\

el

v

o
Juéi;r;jgc reeof Magnitude, Right ascension, Declination, magn{i)tude,
fps deg deg fps
2 443 400 12 947 121.45 | 19.04 13 302
2 443 402 12 598 121.01 19.14 _ 12 658
2 443 404 12 263 120. 45 19.25 12 633
2 443 406 11 948 119.78 19. 40 12 329
2 443 408 11 656 118.99 19.56 12 047
2 443 410 11 392 118.08 19.75 11 788
2 443 412 11 144 117.05 19.96 11 554
2 443 414 10 929 115.91 20.19 11 347
2 443 416 10 745 114.66 20. 44 11 167
2 443 418 10 590 113.30 20.69 11 018
2 443 420 10 467 111.85 20.96 11 090
2 443 422 10 379 110.32 21.23 10 813
2 443 424 10 321 108.73 21.50 10 761
2 443 426 10 304 107.10 21.77 10 742
2 443 428 10 320 105. 45 22. 04 10 759
2 443 430 10 377 103.80 22.29 10 812
2 443 432 10 467 102.17 22.54 10 900
2 443 434 10 600 100. 58 22. 80 11 024
2 443 436 10 766 99. 06 23. 03 11 183
2 443 438 10 966 97.61 23. 27 11 376
2443 440 11 200 96. 27 23.51 11 602
2 443 442 11 467 95.03 23.75 11 869
2 443 444 11 765 93.91 24,02 12 150
2 443 446 12 092 52.91 24,33 12 469
2 443 448 12 450 92.04 26.70 12 817
2 443 450 12 840 91.29 25.16 13 192
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TABLE XIII. - EARTH-DEPARTURE VOO VECTORS AND V, MAGNITUDE FOR

0
THE 1979 MARS CONJUNCTION-CLASS-MISSION LAUNCH WINDOW

v \
Juéian date of Magnitude, Right asc:nsion, Declination, magn?tude,

eparture fps deg deg fps

2 444 150 12 960 151. 47 17.49 13 313
2 444 152 12 588 151.62 17.79 12 951
2 444 154 12 229 151.70 18.15 12 603
2 444 156 11 885 151.68 18. 57 12 269
2 444 158 11 557 151.58 15. 06 11 951
2 444 160 11 245 151. 38 19.61 11 650
2 444 162 10 951 151. 09 20. 23 11 367
2 444 164 10 676 150. 69 20.93 11 102
2 444 166 10 422 150.18 21.71 10 858
2 444 169 10 191 149.57 22.56 10 636
2 444 171 9984 148. 85 23.50 10 438
2 444 173 9 804 148.02 24.51 10 266
2 444 175 9 652 147. 09 25. 61 10 121
2 444 177 9 532 146. 06 26.178 10 006
2 444 179 9 444 144.94 28. 03 9923
2 444 181 9 392 143.74 29. 35 9 874
2 444 183 9 378 142. 49 30.75 9 861
2 444 185 9 405 141.19 32.19 9 886
2 444 187 9 475 139. 88 33.77 9 953
2 444 189 9 591 138. 57 35.41 10 064
2 444 191 9 756 137. 32 37.15 10 222
2 444 193 9 979 136. 14 39.03 10 434
2 444 195 10 262 135.08 41. 06 10 705
2 444 196 10 614 134. 16 43.28 11 043
2 444 198 11 054 133. 48 45.79 11 466
2 444 200 11 610 133. 10 48.71 12 003




0 MAGNITUDE FOR

THE 1981 MARS CONJUNCTION-CLASS-MISSION LAUNCH WINDOW

TABLE XIV. - EARTH-DEPARTURE V_ VECTORS AND V

el R

Julian date of ; ; Ve : T Vp
departure Magfmtude, Right ascension, Declination, magnitude,
ps deg deg fps
2 444 900 13 948 182. 33 10. 27 14 277
2 444 902 13 585 183.13 10. 47 13 923
2 444 904 13 231 183. 89 10. 74 13 577
2 444 906 12 887 184.62 11.07 13 242
2 444 908 12 552 185. 30 11.46 12 916
2 444 910 12 228 185.95 11.93 12 601
2 444 912 11 915 186. 55 12. 47 12 298
2 444 914 11 614 187. 10 13.10 12 006
2 444 916 11 326 187.61 13. 83 11728
2 444 918 i1 052 188. 07 14.65 11 464
2 444 920 10 793 188. 48 15.57 11 215
2 444 922 10 552 188. 83 16.61 10 983
2 444 924 10 331 189. 14 17.77 10 770
2 444 927 10 130 189. 39 19. 06 10 578
2 444 929 9 954 189. 59 20.47 10 409
2 444 931 9 804 189. 74 22.03 10 267
2 444 933 9 686 189. 86 23.74 10 154
2 444 935 9 602 189.93 25.60 10 074
2 444 937 9 559 189.99 27.62 10 032
2 444 939 9 561 190. 04 29.79 10 034
2 444 941 9 616 190. 11 32.13 10 087
2 444 943 9 734 190. 23 34.64 10 200
2 444 945 9 925 190. 43 37.30 10 382
2 444 947 10 205 190. 78 40.14 10 650
2 444 948 10 586 191. 32 43.12 11 016
2 444 950 11 101 192. 17 46.27 11511
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TABLE XV.- EARTH-DEPARTURE T/:Qo VECTORS AND V, MAGNITUDE FOR

0
THE 1983 MARS CONJUNCTION-CLASS-MISSION LAUNCH WINDOW

Vo \2
Juéian date of Magnitude, Right ascension, Declination, magn?tude,

eparture fps deg deg fps

2 445 666 14 003 221.53 1.00 14 330
2 445 668 13 735 222. 75 1.34 14 068
2 445 670 13 474 223.95 1.72 13 814
2 445 672 13 220 225.12 2.14 13 567
2 445 674 12 974 226. 26 2.59 13 327
2 445 676 12 736 227.38 3.09 13 095
2 445 678 12 506 228. 417 3.62 12 872
2 445 680 12 285 229.53 4.19 12 657
2 445 682 12 072 230.55 4,81 12 450
2 445 684 11 868 231.54 5.46 12 253
2 445 686 11 674 232.50 6. 14 12 064
2 445 688 11 488 233.42 6.87 11 885
2 445 690 11 313 234.30 7.63 11 716
2 445 692 11 148 235.14 8.42 11 557
2 445 694 10 993 235.94 9.24 11 407
2 445 696 10 849 236.70 10. 10 11 269
2 445 698 10 717 237.41 10.98 11 141
2 445 700 10 595 238.08 11.90 11 024
2 445 702 10 486 238.71 12. 83 10919
2 445 704 10 388 239. 29 13.78 10 825
2 445 707 10 303 239. 83 14.76 10 744
2 445 709 10 230 240. 32 15.74 10 674
2 445 711 10 170 240.77 16.74 10 617
2 445 713 10 124 241. 17 17.74 10 572
2 445 715 10 091 241.53 18.74 10 540
2 445 717 10 071 241. 85 19.75 10 522




Earth equator

Right ascension

Vernal equinox

Earth sphere of influence

Figure 42. - Schematic representation of Earth-departure parameters.
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