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PRECEDING pA

y FOREWORD

This report is a design survey of the Lunar Orbiter Guidance and Control
system and is one in a series of design surveys prepared for the NASA
Design Criteria Programe. The objective of this NASA program is to estab=-
lish a unification of design approaches in the development of space
vehicles and their major components., The surveys are intended to document
design experience gained from specific NASA projects and will be used as
a data source for design criteria monograph documents.

This design survey was performed in accordance with the Statement of Work
in NASA contract NAS 12-2027, "Lunar Orbiter Design Criteria Survey," for
the NASA Electronics Research Center Design Criteria Office, directed

by Mr, Frank J. C&rrOll, JTre

The material for thls report was gathered, prepared, and documented under
the direction of the Program Manager, J. E. Montgomery. Major sections
of the report were contributed by Messrs. D. Co Fosth, E. W. Kangas,
Re L. Maxwell, W, I, Mitchell, G. E. Morrison, G. A. Price, Re E. Risdal .
and W Fe Yees Mr, V. L, Minter assisted in compiling and editing the
final manuscript as well as writing portions of the report. Numerous
other Lunar Orbiter team members who participated in the design, develop-
ment, and operation contributed much needed assistance, consultation, and
i reviev.

The report is organized in the following menner:

Sumnary - briefly states the most importént items from this design
surveye.

Introduction - describes the overall Lunar Orbiter program; the
guccesses and failures; the spacecraft and the guidance and control
© gystem,

Subsystems - are described, requirements listed, development and
operation are discussed in detail, conclusions and recommendations
are given,

Components - are treated in a manner similar to the subsystems but
to a finer level of detail.

Bibliography - lists a selection of significant references for those
who "want to dig deeper.”

The contractor's designation for this repOrt is D2-11h277 3.
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1.0 SUMMARY

This design survey presents the results of an eight month study of the
Lunar Orbiter Guidance and Control syrstem and program documentation. High-
lights of the experiences pained from program initiation through the final
terminal crash man2uver of L.0O. V are reported. The things of value to the
designer of future spacecraft are emphasized. The evolution of the design
was studied and the reasons for changes have been indicated. Considerable
effort was made to ildentify and report the cause for difficulties that
occurred. Reasons for success as well as failure are summarized in the
following paragraphs beginning with the total spacecraft program; proceeding
te an in-depth review of the guidance and control system, its subsystems,
and finally the G&C componente.

PROGRAM FEATURES

The items which had a major impact on the overall program were the following:

1) Basic program objectives remained unchanged throughout the design and
operational flight phases.

2) The test concept was that the initial flight would be a complete
operational mission. Every flight spacecraft was subjected to a
"Flight Acceptance Test" which simulated the nominal operation
environment for temperature, vacuum and vibration. Zvery compo-
nent was subjected to prior tests which eliminated sericus problems
at the spacecraft level.

3) Technical Reviews among the contractors and government agencies were
held throughout the program beginning with engineering information
exchanges, preliminary design reviews, critical design reviews, space-
craft compliance reviews, and culminating in a Flight Readiness review
which involved all the companies and agencies conc2rned with the
launch. It was most significant that the standard of conduct for these
reviews was "What was Right."

4) A strong team concept with close working relationships was maintained
among customer and contractor personnel. Test teams were assigned to
particular spacecraft at final assembly, and continued through test,
planned launch, and flight operations. The continuity of personnel
from design through flight operation was important.

5) Spacez proven hardware and technigues were used wherever possible.
6) The incentive features of the contrect covering delivery, cost, and
performance motivated the contractor and the government to fulfill

their side of the contractual interface in a timely manner.

GUIDANCE AND CONTROL SYSTEM

§ REPRODUCI

Guidance and Control System concepts which contributed to the success were:

p—— L

BILITY. OF THE |

e g

ORIGINAL PAGE IS POOR.
1




1)

3)

4)
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"

"Put the intelligencé on the ground,” was a guiding criterion when
choosing between competitive designs. This lead to a simple system

implementation.

Complementary paths of information via the engineering telemetry gave a
comprehensive plcture of spacecraft status and performance. Alternate
modes of operation allowed the flight operations crew to exploit the re-
maining spacecraft .capability. Examples were: the use of the high gain
antenna signal strength map to corroborate the questionable roll infor-
mation from the star tracker; the use of the ' solar panel array current
and voltage as a measure of the angle off the sun for angles exceeding
the sun sensor saturation ievel.

Operational flexibility was provided. For example, the mission could be
controlled from either Stored programs or Real Time Commands.

A three axis stabilized configuretion was selected which best sulted the
mission requirements. The technology was developed by the Jet Propulsion
Laboratory for interplanetary spacecraft.

ATTITUDE CONTROL SUBSYSTEM

The most significant features of the design are summarized in the following:

1)

The predicted performance for each attitude function such as deadzone
width, maneuver rate, accuracy, limit cycle rate, disturbance torques,
settling time, and impulse requirements was close to that actually
experienced. This permitted the mission gas budget to be replanned
with a high degree of confidence and accomplish much more ambitious
missions even when faced with serious thermal heating, star tracker
glint, and camera problems.

The options available in. attitude control provided the work arounds
which salvaged the missions. The options were:

a) To hold attitude using error signals from the Sun and Canopus sen-
sors or using the gyros in the rate integrate mode. This gave an
inertially references attitude when the Canopus tracker gave trouble.

b) To select wide or narrow reaction control threshold deadzones. This
gave 2° or .2° limit cycle, also .050/sec or .59 sec maneuver slew

rates; the formexr conserved reaction control gas.

¢) To select coarse or fine sun sensors. This ~ave a wide angle refer-
ence and an additional deadzone option. It was used to comserve gas
vhen re-acquiring the sun.

d) To switch the Canopus tracker off and on without necessarily using
the error signal for attitude control. This technique was used
often to track Canopus instead of glint, also to allow the image
dissector tube to "heal" after being exposed to excessive light
flux.
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REACTION CONTROL

The cold gas Nitrogen reaction control subsystem operated reliably on all
flights, with a delivered specific impulse of at least 68 seconds, and with
leakage less than .5 lb of gas per year. The most important design features
were: ‘

1) The brazed and welded construction prevented leakage.

2) The cleanliness requirements; i.e., no metallic particles lerger than
5 microns, nor non-metallic greater than 25 microns were allowed,
prevented contamination from becoming a problem causing leakage or
Jamming. Filters provided a redundancy to the cleanliness provisions.

3) The common No supply for the Reaction and Velocity control subsysioms
provided an adequate gas supply.

THRUST VECTOR CONTROL SUBSYSTEM

The most significant design features of the thrust vector control were:

1) The design concept changed 4 months after contract go-ahead. Electro-
mechanical position servo actuztors were developed to gimbal the engine.
The one pound thrust reaction control jets onx the tips of the solar
panels were deleted.

2) Dynamic stability of design provided a 6 db gain margin based on a
worst case combination of conditions. The large center of mass changes
postulated for propellant migration hetween paired tanks did not occur:
thus, flight perforimance did not approach design limits. :

3) Dual lead-lag compensation networks on gyro position error signal made
the system susceptible to mechanical and elecirical noise. Problems
were solved by filtering high frequency noise and setting limits on
allowable gyro noise.

VELOCITY CONTROL SUBSYSTEM

The velocity'control subsystem functioned as intended on all flights. An
error analysis provided the basis for permitting the use of existing hardware.

GUIDANCE CONCEPT

The most important feature of the guidance concept was the use of ground
based intelligence, skill and facilities in determining the spacecraft state
vector, computing required maneuvers, commanding their execution, determing
the new state and adjusting the subsequent planned events to best sccommo-
date the mission objectives. The major error found in locating photo sites
was the uncertainty in the lunar gravitational model.
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INERTIAL REFERENCE UNIT

The Lunar Orbiter IRU provided a 3 axis attitude referencc¢ and integrating
accelerometer in a unit weighing 13.4 1lb. and requiring lc¢ss than 30 watts. Gyro
drift was in the range of 1/2° per hour. Once ccmmitted to launch no life, wear-
out, or reliability problems occured on missions up to a year in length.

The principal problems were the result of:

1) Unrealistic severé vibration requirements were originally specified and re-
laxed late in the qualification program.

2) The Sperry SYG 1000 gyro was not being produced in quantity. The low yield
of acceptable gyros made it necessary to obtain a second source of gyros.

The back-up program using the Kearfott alpha gyros in the Sperry frame and
electronics was successful.

SUN SENSORS

The Sun Sensors used an arrangement of cells tailored to the Lunar Orbiter con-
figuration to give complete spherical coverage. The sensor elements were the
same as those used on the 0,S,0. spacecraft built by Ball Brothers. To avoid
introducing pointing errors from the nearby illuminated moon required the wide
field of view cells to be switched out. The problem most affecting delivery and
test schedules was caused by weather and cloud conditions at- Boulder, Colorado '
since the actual sun was used for calibration and test.

CANOPUS STAR TRACKER

The Canopus star tracker was consistently hampered by "'glint' from illuminated
spacecraft appendages, from earthlight, moonlight, and direct sunlight. A major
source of the trouble was internal to the tracker and a result of poorly mated
optics, light shield, and electronic scanning.

FLIGHT ELECTRONICS CONTROL ASSEMBLY

This unit was specifically designed to the requirements of the Lunar Orbiter
spacecraft and mission. It provided timing, sequencing and control of all space-
craft events from either stored program or real time commands. It also provided
the electronics for closing the control loops around the reaction and thrust
.vector control subsystems.

The criteria most emphasized in the design were:
a) High reliability - affected the choice of parts, processes, and circuit tech-
niques. (The design was essentially single thread, but with redundant clock

oscillators. ‘ ’

b) Low power - driver circuits were designed to be in the off state during
quiescent periods,



De-114277-3

c) Low weight - integrated' circuits were selected for the programmer event though
‘the reliability of mass produced articles in 1964 was not yet firmly established.

d) Resistance to'electromagnetic interference - voltage margin for digital logic
state switching was required for worst case design conditions ol temperature
and voltage.

Unexpected design and manufacturing problems which were solved during the program
were: difficulty in obtaining approved parts, static discharge causing micrologic
module failures, contamination of one lot of micrologic modules, stress from the
potting process causing electrical value change, cross talk between the redundant
clocks causing extra bits in the time words. '

THRUST VECTOR CONTROL ACTUATOR

4

This unit was a hermetically sealed servo using a d-c motor and solid state
electronics. It was developed specifically for this application. The short de-
sign and development time allowed before first article delivery pushed the bulk
of the servo de-bugging problems into the acceptance and qualification phases of
the program. With hindsight one can say the specified requirements for 10°/sec
rate, for * 2.9° stroke, and for irreversibility during launch were somewhat
conservative. ‘

RECOMMENDATIONS FOR DOING DIFFERENTLY

The important items which should be done differently on future spacecraft are:

1. The mission system and component requirements analysis should be done before
specifications are sent to vendors and designs are firm. Both performance
and environment are important to be realistic.

2. The Star tracker optical, mechanical, and electronic analysis and design should
be checked in detail before proceeding with construction. Test methods and
facilities to evaluate component and spacecraft glint should be developed.

3. Inertial instruments for an IRU should be selected from a mature design to
avoid extensive development problems. The marks of maturity for gyros are to
be in quantity production on the same article, to have service experience, and
to have service recorded for failure analysis. Any change, even of the float
fluid, should be considered a major design departure.

4. The ability to command one spacecraft only when two or more arc¢ present should
be assured: preferably by assigning different radio link frequencies to each.

5. Operational procedures developed to solve emergency situations should not be
continued on subsequent missions; for example, flying off-sun for thermal
relief, or continuing flights with the Canopus tracker glint problem unresolved.



2.0  INTRCDUCTION

( The Lunar Orbiter program was dirscted by NASA's Office of Space Science
and Applications, and manszed by the agency's Langley Research Center.
Contract award was made to The Boeing Company in March 1964, and the first
mission occurred on August 10, 1966. The primary objective of the Lunar
Orbiter spacecraft was to obtain high resclution photographic data of speci-
fic lunar areas to aid in ths selection of Apollo landing sites. Secondary
objectives were to obtain data about the size, shape, and gravitational
field of the Moon; the micromsteoroid and radiation levels in the lunar
environment; and moderate resolution photography of extensive areas. How-
ever, it was not required that all objectives be satisfied on any one mis-
sion. Specific mission plans were not identified until shortly before each
spacecraft flew. This resultad in a broad range of hardware capability
being designed into the spacecraft. It provided the flexibility to plan
specific missions around this design capability and to take advantage of
results from previous flights. This flexibility also provided the capabi-
lity to utilize backup modes and work-around methods to accommodate in-
flight anomalies.

A typicel mission is illustrated in Figure 2-1. The flight profile events
are illustrated in Figure 2-2 and described in the following. The space-
craft and Atlas/Agena launch vehicle underwent countdown as one functional
unit, called the Lunar Orbiter space vehicle. At the completion of count-
down the Atlas boosted the space vehicle to an altitude of 85 miles before
Atlas separation. The spacecraft nose shroud, no longer required for atmos-
pheric protection, was jettisoned prior to Agena firing. The Agena acceler-

{ ated the Agena/Orbiter combination into a 100-mile-altituds parking orbit.
After coasting to the translunar injection point, the Agena engine was re-
ignited and accelersted the spacecraft to escap2 velocity. The Lunar Orbiter
was then separated and began its coast to the Moon.

After spacecraft separation, signzls from the flight electronics control
assembly initiated squid firing to deploy solar panels, antenna booms, and
to activate the reaction control subsystem. Sun sensors and rate gyros
controlled the opening of small nitrogen thrusters, causing the spsacecraft
to pitch and yaw until the correct sun attitude was attained. The roll
rate was reduced to near zero by another set of thrusters. At a later time,
the spacecraft performed a series of roll maneuvers to enable the star
tracker to acquire Canopus. This completed the initial three axis orienta-
tion and stabilization of the spacecraft.

Continued tracking by the deep space stations enabled the Space Flight
Operations Facility to compute spacecraft range, velocity, and flight path.
Deviation from the intended trajectory was corrected by transmitting the
necessary guidance commands to the spacecraft flight electronics control
assembly, where they were stored and subsequently executed. At the proper
time the spacecraft broke the sun/star reference attitude and oriented the
spacecraft to point the rocket engine in the desired direction. Attitude
reference was then provided by the inertial reference unit. The 100-pound
thrust engine was ignited, changing the spacecraft velocity vector until
the integrated output of accelerometer measuring the velocity change, shut
off the engine. The spacecraft systems were designed to perform a second

[ ———— e e
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midcourse correction if required. However, none of the five missions re-
quired a second correction.

Trajectory data obtained throughout the translunar flight was used by the
Space Flight Operations Facility to compute the velocity and direction
changes required to achieve initial lunar orbit. The necessary commands
were again transmitted to the flight electronics control assembly. At the
proper time the spacecraft was injected into Lunar Orvit. Additional
tracking of the spacecraft by the deep spece stations accurately established
the actual orbit and subsequent orbit changes were amccomplished as required
by the mission.

The photographic phase of the mission required a precise knowledge of the
orientation and position of the spacecraft to point the camera at the de-
sired target area. The desired spacecraft maneuvers from the sun/star
reference attitude were determined at the Space Flight Operation Facility
from {racking data. Commands were transmitted to the flight electroniecs
control assembly for execution at the proper time. The flexibility of the
photographic subsystem, coupled with the ability to design the mission for
a range of orbit parameters such as inclination and perilune altitude pro-
vided great flexibility in selecting the size, shape, and location of the
areas to be photographed.

MISSION PERFORMANCE

The mission results are summarized in the following so as to provide a
frame of reference and basis for understanding: (1) difficulties or pro-
blems in mission operation as a result of the design selected, (2) how it
should or should not have been done (hindsight), and (3) the work-around
techniques that were possible because of the design flexibility.

~

Major program accomplishments were:
a)  Initial program objectives essentially completed in three flights.

b) Photographed over 99 percent of visible side of Moon with resolution
capability at least 10 times better than Earth based observations.

c) Photographed virtually the entire far side of Moon.

d) Provided data for the selection of eight candidate Apollo landing
sites. : ,

e) Provided photographs of numerous areas of scientific interest with
resolution capability of 1 to 2 meters.

£) Developed techniques to employ vertical, oblique, forward stereo,
side stereo, and converging telephoto stereo photography to conduct
site search, site confirmation, and mapping missions of celestial
bodies.

g) Devised operational technigues to command and control three space-
- craft in lunar orbit at the same time.

10
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h) Crashed all spacecraft on the Lunar surface (rour of five upon conmand
from the SFOF) and eliminated potential future problems of unwanted
communication from the spacecraft or of collision with Apollo.

1)  Provided the Apollo Manned Space Tracking Network with a live model
for training purposes during the L.0. extended missions.

J) Provided radiation data in the lunar environment.

MISSION I

L.0. I (spacecraft number 4) was launched August 10, 1966.

a) Photographed nine potential landing sites in a southern latitude band
of Apollo zone of interest with eight meter resolutions.

b) Eliminated some potentisl Mission II sites from further consideration.

c) Accurately established the desired lunar orbit characteristics.

d) Provided data for lunar gravitational model for 12 degree orbit
inclinsation. _

e) Performed 574 attitude maneuvers, fivs velocity meneuvers, and pro-
cessed 4,510 transmitted commands. .

£) Obtained the first oblique photos of Moon and the Earth as seen from
the vicinity of the Moon (Figure 2-3).

g) Obtained the first high quality photos of the far side of the Moon.

h) ~ Transmitted more than 40O photographs to Earth, providing photographic
coverage of about 150,000 square miles of the lunar surface visible
from Earth and about two million square miles of the Moon's far side
were photographed from about 1000 miles above the surface.

MISSION II

L.0. II (spacecraft number 5) was launched November 6, 1966.

Photographed 13 potential landing sites in a northern latitude band
of Apollo zone of interest with one meter resolution.

Improved oblique photography control and pointing procedures (e.é.,
Copernicus photo, Figure 2-L4).

Photographed 17 secondary photo sites within the orbit inclination
limits on front and far sides of the Mocn.

Identified Ranger VIII impact area.

Developed procedure to synchronize DSN station clocks to within 50
microseconds.
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Figure 2.-3: EARTH AS SEEN FROM MOON

000 feet with slopes
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Figure 2.-4: COPERNICUS CRATER
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r) Performed 284 attitude mancuvers, seven velocity mancuvers, and pro-
cessed 3,571 transmitted commands.

g) Survived four known micrometeoroid impacts.

h) Changed its orbit inclination from 11.8 to 17.5 degrees to provide
scientists with additional information about the Moon's gravitational
field.

1) Pransmitted 417 photographs to Earth.

MISSION III

L.0. III (spacecraft number 6) was launched February 5, 1967.

a) Photographed 12 potential Apollo landing sites selected from Missions
I and II.

b) Photographed 31 secondary sites within the 21 degree orbit inclination
on front and far sides of the Moon.

c) Performed the first corirehensive photogrephic site confirmation
mission.

a) Positively identified the landing site of Surveyor III and photo-
graphed the Surveyor I landing site and spacecraft (Figure 2-5).

e) Provided data for lunar gravitgtional model for a 21 degree orbit.

L) Performed 383 attitude maneuvers, 7 velocity maneuvers, and p:ocessed

3,615 transmitted commends.

g) Completed the primary Apollo requirements for photographic informa-

tion from an Orbiting Spacecraft. Coverage provided by L.O. III wai:
o Prime sites - 2,200 square miles high resolution
-
11,500 square miles wide angle —
o Secondary Photography
e .
Near side - 350,000 square miles area of scientific interest
€.g., Kepler (see Figure 2-6){
Far side - 900,000 square miles.

h) Transmitted 327 photographs to Earth.

13:
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This 350- by 500-foot area was photographed by the high-resolution camera
aboard Luna} Orbiter III. Surveyor I can be detected as a white object casting
a shadow approximately 30 feet long. The spacecraft was located by triangu-
lation of distant objects seen by Surveyor I cameras.

Figure 2.-5:  SURVEYOR I LANDING SITE

-
Ao A

Lunar Orbiter III's wide-angle lens captured this view of the lunar horizon.
The most prominent crater La Kepler, approximately 20 miles in diamei.:r and
over 1 mile deep. The smaller, almost perfectly formed crater to the right
is about 1/2 mile deep and 3 miles in diameter.

Figure 2.-6:  CRATER KEPLER
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MISSION IV

L.0. IV (spacecraft number 7) was launched May L, 1967.

a) Completed first photographic mapping mission of Moon. Over 99 percent
of near side (7,000,000 square miles) was photographed at resolutions
of 60 to 100 meters. v

b) Provided first photographs of surface detail for all limb and polar
regions.

¢) Provided first details of Orientale basin (Figure 2-7).

d) Provided trajectory data for 85 degrees orbit inclination to improve
the determination of the lunar gravitational model.

e) Performed 586 attitude maneu#ers, four velocity maneuvers, and pro-
cessed T,111 transmitted commands.

f) Provided data to relocate Mission V sites to increase the scientific
data obtainable.

g) Survived two known micrometeoroid impacts.

n) Operated in orbits with full sunlight for long periods of time.

i) . Transmitted 359 photographs to Earth.

MISSION V

L.0. V (spacecraft number 3) was launched August 1, 1967.

a)

b)

c)

d)
e)

£)

g)

Completed photograbhy of the far side and 45 near side photo sites to
support numerous scientific requirements with resolution down to 2
meters. Figure 2-8 is from a wide angle view of the crater Tycho.

Provided a near full-Earth photo centered in Indian Ocean showing
land mass outlines.

Performed 532 attitude maneuvers, six velocity maneuvers, and processed
4,525 transmitted commands. .

Survived the six hour eclipse of October 1967 without difficulty.
Spacecfaft was tracked optically in Junar orbit during a special
experiment utilizing reflected sunlight directed toward Kit Peek

Observatory.

Provided low altitude high inclination data to improve the determina-

-tion of the lunar gravitational model.

Transmitted 425 photographs to Earth.

'15'
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This photograph was taken by the Lunar Orbiter IV at an altitude of 1690 miles
and shows the enormous complex called the Orientale Basin., The Cordillera
Mountains which form the outer scarp are more than 600 miles in diameter and
rise to an altitude of 20,000 feet above the surrounding surface. Orientale
is believed to be the most recent of all the Mcon's large circular basins.
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Figure 2.-7:  ORIENTALE BASIN

Y N
(s

Tycho, a very young, large crater, was photographed in this crisp detail by
Lunar Orbiter V from an altitude of 135 miles. The crater, which is more than
50 miles from rim to rim, is considered by astronomers and scientists to be
quite young because the debris associated with its formation is superimposed
on older topographic features over a large area of the Moon's visible side.

Figure 2.-8: Tycho
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Problems experienced during the program are summarized in the following

paragraphs.

a) Launch of L.0. I was delayed one month due to the unacceptable photo

subsystem.

During the second launch period launch was delayed one day

by questionable launch vehicle instrumentation.

b) Major failures affecting photo data recovery were:

LoOo I -

L.0. II
L.0. IIT

L.O0. IV

LO. V =

Telephoto images degraded because focal plane shutter
control circuitry was susceptible to electromagnevic
interference. Corrected for missions II through V.

TWTA failed to turn on 12 hours to planned end of mis-
sion. 98.5 percent of all photos had been read out.

Film advance motor failed after reading out 73.8 percent
of the 211 dual exposures teken.

Film advance problems necessitated early Bimat cut and
the loss of approximately 20 planned photos of areas
beyond the western limb.

None.,

¢) Operational problems encountered were:

1) Star Tracker Glint - L.O. I through V

o

(o]

o

(o]

Stray light resulted in erroneous signals to star tracker.

Satisfactory operation was possible during solar occultation.

Periodic attitude update maneuvers were required.

Error signals from star tracker were used by subsystem analyst“
to determine and predict roll position.

2) Spacecraft Thermal Control - L.O. I through V

o

'Equipment mounting deck thermal paint degraded from solar

energy.

Spacecraft was pitched off sunline for extended periods to
provide spacecraft temperature control. -

Mirrors were added for Missions IV and V to reduce thermal -
energy exposure. :

17



3)

k)

5)

6)

7)

8)
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Intermittent Film Hangup - L.O. III

o

o

Readout of a single framelet was repeated.

Real time commands were employed to control and reinitiate
readout when hangups occurred. Hangup was attributed to inter-
ference between teflon separators and readout looper rollers.

Film Advance Control - L.O. IV

o]

0

Intermittent film advance loglc signals caused readout and pro-
cessing problems.

Manual commands weres employed to set up special logic control
configuration to allow specific functions and inhibit other

fanctions.

Real time commands were used to set up automatic reinitiation
of readout mode at end of each scan cycle.

Camera Thermel Doqr - L.,0, IV:

C

Door failed to open on command during first and second photo
orblits. '

Real. time commands were used to control door operation from

partially closed to full open.

Photo Subsystem Window Temperature - L.O. IV

o]

o

Condensation developed on window when camera thermal door was
left open following above problem.

Spacecraft was oriented so that solar energy would maintain
window temperatures. (Not successful.)

Direct light on window penetrated light baffles and light
streaked film.

Partially closing door gradually eliminated all problems.

Loss of Photo Coverage - L.O. IV

o

(o]

Light streeking of film degraded photos of eastern areas.

Mission plans were altered to rephotograph areas by apolune
photography near end of mission with some reduction in resolu-
tion capability. ‘ :

Communication Subsystem - L.O. II, III, and V

‘Unintentional commands were recelved, transferred to the pro-

grammer, and executed by L.O. II and III during the primary

18
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mission of Spacecraft L.O. III, IV, and V. These cOommands occurred
with the other spacecraft transponder in uplink lock under weak up-
1link signal conditions. Bit errors developed in the address code
such that commands addressed to another spacecraft would be ac-
cepted and executed.

9) Extended Mission Attitude Control - L.O. V
Loss of 2.5 pounds of nitrogen gas occurred during a weekend
period when the spacecraft was not being monitored by the SFOF

and required that the mission be terminated several months
earlier than planned.

SPACZCRAFT CONFIGURATION

The spacecraft configuration is illustrated in Figure 2-9. The Lunar O:biter
weighed 850 pounds and when prepared for launch measured five feet in die-
meter by five and one-half feet high. During launch the solar panels were
folded against the base of the spacecraft and the antennes were folded against
the sides of the structure. When the solar panels and antennas were deployed
in space the maximum spen beceme seventeen and one-half feet across the an-
tenna booms, and twelve feet across the solar panels.

The primary structure consisted of the main equipment mounting deck and an
upper section supported by trusses and an arch. Located in the upper section
were the velocity control engine with its tanks for oxidizer, fuel and pres-
surant, and the attitude control thrusters, remote sun sensors, and the
switching assembly. The nozzle of the engine extended through an insulated
heat shield. The equipment mounting deck supported the camera, communica-
tions equipment, electrical system equipment, and the fellowing CXC compo-
nents: inertial reference unit, sun senscr, stvar tracker, and the flight
electronics control assembly.

The electrical pover system was a solar panel rechargeable battery system
with voltage regulation and charge control. In full sunlight the solar
panels would produce about 375 watts; the battery was rated at 12 ampere
hours. The electrical system voltage would vary from 22 volts when the
battery was supplying the load to 31 volts when the solar panels were
operating.

The communications system was compatible with the Deep Space Network S-band
system. It received, decoded, and verified commands sent to the spacecraft
from earth, and transmitted to earth all data gathered by the Spacecraft.

A low power operating mode delivered spacecraft performance telemetry and
data from the lunar environment experiments (radiation and meteoroids) to
Earth at 50 bits per second. Telemetry was in digital form, and was passed
through a signal conditioner, a multiplexer encoder and a modulation selec-
tor before transmission.

A high power communication mode was used to transmit photographic data in
analog form and brought into use the spacecraft's high gain antenna and a
travelling wave tube amplifier. Performance and environmental telemetry
were mixed with the photogrnphic 1nformatinn in the transmission.
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In tkes tracking and ranging mode, the transmitting frequency of the trans=-
ponder was locked to the frequency of the signal being received from Earth
in a precise ratio. The signals were then used to determine the radial velo-
clty of the spacecraft to &an accuracy of about one foot per second. When
interrogated by the Deep Space Network ranging system, the transponder signal
measured the distance between the Earth and the spacecraft with an accuracy
of abvout 100 feet. This was en important part of the total G&C function and
the data obtained in this mode was used to determine the necessary commands
required to perform midcourse corrections and orbit insertion.

The transponder received a transmitted command from Earth and passed it to

& decoder where it was stored temporarily. The command was then re-trans-
‘mitted to Earth through the transponder to verify that it had been correctly
received. When verification was confirmed, an execute signal was sent from
Earth causing the decoder to pass the command along for immediate or later
use as required. The command transmission rate was 20 bits per second.

Spacecraft temperature control was provided to maintain desired component
temperatures. An aluminized mylar thermal barrier enclosed the area between
the insulated upper heat shield and the equipment mounting deck. Indium
foil .005 inch thick was used between high heat dissipating components and
. the equipment mounting deck to provide a known heat transfer coefficient.

The interior of the spacecraft was tied together thermally and the primary
means of heat transfer was the equipment mounting deck, which faced toward
the sun when the spacecraft was in a sun reference attitude. The equipment
mounting deck was coated to obtain a high heat emission-sbsorption ratio to
provide an equipment deck temperature between 85 and 35 degrees F when in
orbit about the Moon.

GUIDANCE AND CONTROL SYSTEM

The Lunar Orbiter G&C éystem is illustrated in the functionsl block disgram
of Figure 2-10. The primary functions performed by the G&C system were
attitude control, velocity control, and sequencing and timing of spacecraft
events.

The system provided three axis stabilization and control of the spacecraft,
utilizing a design concept that simplified the spacecraft functions and
equipment by placing greater emphasis upon Earth-based facilities. The
total G&C function was accomplished by the spacecrafi G&C elements working
with the Deep Space Network, Space Flight Operations: Facilities, and the
flight operations team through the communications subsystem. A key factor
in this implementation was the abllity to utilize the decision making ability
of the flight operations team. The twofold result of this system approach
was first the realization of a spacecraft system that was simple, reliable
and straightforward to operate, and secondly a flexible G&C system that
could accommodate both a wide variety of mission tasks and flight anomalies.

The guidance and control system was composed of the hardware items belowﬁ
1) Flight Electronics Control Assembly - all parts of the G&C system were

interlinked by this unit. It consisted of two distinct functional
sections, a programmer and closed-loop electronics. The programmer

21
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was a low-speed digital data processor, with memory capacity large
enough to provide sixteen hours of control from stored commands. It
controlled ell timing and sequencing of spacecraft events. It inte-
grated the maneuver magnitude signals from the gyro or accelerometer.
The closed loop electronics performed the tasks of attitude control.
It was basically all analog in operation, accepting error signals from
the sensors and gy:os, and controlling the reaction thrusters and
thrust vector control actuator upon command from the programmer.

2) Inertial Reference Unit - this unlt consisted of three single-degree-
of-freedom, floated, rate-integrating gyros, and one pulsed integrating
pendulun-type accelerometer., The gyros operated in either of two modes
selected by the flight electronics control assembly; rate mode or rate-
integrate mode. The accelerometer was on but readout only during velo-
city maneuver.

3) Sun Sensors - there were five sensors on the spacecraft that provided
4 T steradian coverage to assure sun acquisition and maintain pitch and
yav attitude. Four remote coarse sensors were located at the cormers
of the heat shield; the fifth, a combination coarse and fine sensor
viewed through the equipment mounting deck,

L) Star Tracker - the celestial reference for the spacecraft roll axis
was provided by this unit. It produced a roll error signal and a star
map voltage that was transmitted via telemetry. The flight operations
team interpreted the star mep to provide assurance that the tracker
was looking at Canopus rather than some other star.

5) Reaction Control - eight reaction control thrusters using nitrogen gas
generated the torque necessery to control the spacecraft in roll, pitch
or yaw. Approximately 1% 1/2 pounds of nitrogen were stored in a tita-
nium sphere at a pressure of 3500 psi. Ten pounds were budgeted for
attitude control, and four were used for pressurizing the fuel and
oxidizer tanks.

6) ‘Thrust.Vector Coantrol - spacecraft attitude in pitch and yaw was main-
tained during velocity maneuvers by a gimbaled engine. The englne was
positioned by two actuators responding to error signals from the gyros.

These six items of the G&C system were interconnected by the flight electro-
nics control essembly to form four functional subsystems. Many of the re-
quirements and much of the functional development was accomplished on this
subsystem basis, even though some elements were not exclusively a part of
only one subsystem. The four subsystems end the items that composed each
one, were as follows:

| 1) Attitude Control Subsystem - including the programmer, sun sensors,
star tracker, closed loop electronics, and inertial reference unit.

2) Reaction Control Suhsystem - included the programmer, reaction thrusters,
regulators, N, supply, and plumbing.
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3) Thrust Vector Control Subsystem - included the programmer, thrust
' vector actuators, closed loop electronics, and inertial reference
unit.
I4) Velocity Control Subsystem - included the programmer and accelerometer.
Section 3.0 through 6.0 discuss each of these subsystems individually.

GUIDANCE & CONTROL SYSTEM DEVELOPMENTAL GUIDELINES

The development guidelines which had a major impact on the spacecraft and
the 7uldance and Control system are listed in the following paragraphs.

The overall program schedule with selected emphasis on Guidance and Control
events is shown in Figure 2-11. The major events recur in discussions of
particular development problems.

l. Compatibility between the spacecraft and the Atlas Agena booster was
required. Most important effects were the launch envelope a&llowed
and the booster environment -~ acceleration, vibration and tempera-
ture.

2. Use of off-the-shelf, space proven, and high reliability hardware
wherever possible was a program requirement coupled with a thorough
quality assurance program from the program start. All modifications
to existing hardware were analyzed and tested as carefully as though
it were a new design.

3. A comprehensive test and qualification program was required that en-
compassed all levels of test beginning with fabricetion testing and
concluding with spacecraft launch and checkout. This included not
only functional and environmental test of all flight hardware, but
development, qualification, and relisbility demonstration tests of
components, subsystems, systems and the entire spacecraflt.

L, In addition to providing flight performance information in real time,
it was an obJective that spacecraft performance telemetry be sufficient
for monitoring all subsystem and component performance to a level ade-
quate to isolate problems to the black box replacement level for all
spacecraft level tests.

5. Modular design was provided as illustrated by the propulsion and reac-
tion control assembly. The advantage was in being able to assemble,
test, and service the module without later changes to the plumbing re=-
quired by a higher assembly level.

6. An unwritten but often quoted philosophy when choosing between alter-
natives was: "Put the intelligeuce on the ground." The objective was
to keep the spacecraft and its functions simple, by assigning the
flight operations team the responsibility of decision making.

Te The spacecraft reliability goal for the successful completion of a
30-day mission was 0,70 based on a realistic single thread assessment
of state-of-the-art hardware. The reliability allocation to the gui-
dance and cohtrol systenm wes . .83-

oo
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PRECEDING PAGF BLANK NOT FILMED.

Lo 8. The spacecraft was to remain in orbit after completion of the photo-
- mission with suitable equipment working for an extended lifetime to
( obtain additional selenodetic and environmental data. The lifetime
goal was one year,

| GUIDANCE AND CONTROL SYSTEM DESIGN CONSTRAINTS

The system requirements were:

l. To acquire the sun within 20 minutes from staging from the launch
vehicle and to maintain a sun orientation for power and thermal con-
trol.

2. To establish and maintain & Sun-Canopus reference attitude of the
spacecraft anytime after six hours from inJection on translunar tra-
Jectory. -~ ,

3. To perform up to itwo midcourse velocity maneuvers as required.

4, To perform velocity cﬁanges to inject into initial and final orbits
about the moon. The three sigma inaccuracy allowed for velocity
maneuvers was not to exceed .5 feet/second plus 0.0008 times AV feet/
second.

5. Perform maneuvers in space from the reference attitude for photography,
P ' velocity change, or commnication with reorientation error not to ex-
y . ceed .75 percent of the command=d maneuver. Maneuvers about any axis
{ of at least 180 degrees were required. Return to the reference atti-
“ " tude was required. X :

6. To maintain the proper attitude during engine firing.

T. Point the high gein antenna at Earth within the beam width of the an-
tenna for the 30-day mission.

8. To provide sequencing and timing of all spacecraft events, with a
timing resoluition of 0.l second.

9. To provide at least 5 percent side overlap between pictures taken on
' successive orbital passes. '

o7



pe-114277-
PRECEDING PAGE BLANK NOT FILMED. 3

3.0 ATTITUDE CONTROL SUBSYSTEM

The Attitude Control Subsystem (ACS) was one of four subsystems that
constituted the spacecruft G&C system. The relationship of the ACS to the
total G&C system is illustrated in Figure 3.1l.

3.1 SUBSYSTEM DESCRIPI'ION

The ACS subsystem was basically a rate linited, conventional on-off, cold gas
reaction control. A basic reference attitude was esteblished by a Sun sensor
and star tracker. A rate damping signal was provided by a rate gyro for each
axis during normal celestial nold operation with the Sun sensor (Pitch and Yaw)
or ster tracker (Roll). During Sun and Canopus occultation periods attitude
was maintained by the gyros in the rate integrate mode. Lead-lag networks
provided stability.

The functions of the attitude control were to:

1) Acquire, stabilize, and maintein & Sun orientetion of the spacecraft in
pitch and yaw.

2) Acquire, stebilize, and maintain & Canopus referenced orientation in roll.

3) Maneuver sequentielly one axis et & time away from celestial references
as desired, e.g., for photogrephic or velocity change purposes.

4) Hold ettitude to inertial references as required, e.g., for photo sequences,
for velocity changes, and for periods of sun and Canopus occultation.

5) Return spucecraft to celestizal reference orientation upon completion of
above maneuvers.

6) Point the high gain antenna.
7) Provide delta velocity measurement end control for engine burns.

The attitude control block diagram for one axis is shown in Figure 3-2. The
design features of the hardware components are discussed s individusl topics
in paragraph 8.0. The modes of attitude control operation were controlled
by the flight programmer shown on the left side of Figuvre 3-2.

The center portion of Figure 3-2 was celled the closed loop electronics
portion of the Attitude Control subsystem anc was physically Locateu in the
Flight Elcoctronics Control Assembly. The remsining elements on the rigat of
Figure 3-¢ are the sensors, torquers ana spacecraft dynamics.

Each axis was controlled independently (excepot that all deadbands were switched
together and sun sensor select operated both pitch and ynw)- The opereting
modes provided for limited rate about any axis, ettitude hold to celestiel and
inertial references, maneuvers of precise magnitude, and logic to provide

for occultations. These modes will be described in the following paragraphs,
using the sequence of a normal mission.

ORIGINAL PAGE IS POOR.
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3.1.1 Sun Acquisition

The initiel Sun Acquisition wes accomplished according to Figure 3-3. For this
initiel acquisition, the swi sensor field of view was 4 steradian. The
output from the sun sensor auplifier was limited with & soft limiter. Tnas
attitude error limiter had the effa2ct of 2 rate limit on the system for large
errors. Depending upon the deedband choscn, the rate range was nominally 0.55
+ 0.5 degrees per second for the 2.0 degree derdband &nd 0.55 + 0.05 degrees
per second for the 0.2 degree deadbond. The time allowed for the sun acquisi-
tion, after Agens separation was limited to 20 min. by battery capacity. The
narrow deadband was chosen for this task to essure that the acquisition rate
would be at least 0.5 degrees per second. During Sun eccquisition, the roll
axis was operated in a rate limited mode, with the Canopus tracker "OFF"

until after the spececraft had passed through the Van Allen radiation belts.

3.1.2 Canopus Acquisition

Approximately six hours after launch, the Canopus Tracker was turnea on. 7Thne
planned Canopus Acquisition sequence shown in Figwe 2-4 was initieted: A 360
degree maneuver was comnanded during which time a star map was telemetered to
the ground. This ster map was compared to & computer calculated & priori star
map from which the roll angle of the spacecraft relative to Canopus et the end
of the 360 degree maneuver was defined. A second maneuver was comuanded to
orient the spacecraft with as small a roll error relative to Canopus &as
possible. The tracker switchad from secrch to treck and issued & "Canopus
present” signal. The third meneuver in the sequence was an Acquire Cunopus
command which switched the countrol of roll error to the tracker.

3.1.3 Attitude Maneuver

The Lunar Orbiter mapneuver sequence wes different from any method used up to
that time in a spacecraft. The sequence is outlined in detail in Figure 3
For the maneuver sequence, the deadbands for all axes were first narrowed to
0.2 degrees. This provided tight control on the vehicle rate during the
maneuver and also guaranteed the vehicle position to be within 0.2 degrees
of null at the start of the sequence. After a wait time of 51.2 seconds to
stabilize in the new limit cycle, the maneuver was initiated by simultaneously
applying a 0.55 + 0.05 degree per second slew voltege to the maneuver exis,

and switching the IRU rate signal to a voltage to frequency pulse converter
which, in turn, was connected to the Programmer's pulse counting register. The
control system nulled the slew voltage and rate gyro signal by firing the proper
Jets to bring the S/b to the comranded rate. The integration register in the
programner would count the output pulses of the V/F converter and compare the
accumulated count with that stored in the memory for the commanded mancuver.
When the maneuver was completed, the slewing signal was removed, and the gyro
switched to the integreting mode. This fixed the null of the gyro to the
desired end point of the maneuver. The vehicle was controlled during the
maneuver hold period with jet pulses commanded by the inertial hold lead-lag
compensation network opereting on the attitude error output from the gyro.

UCIBILITY OF THE ORIGINAL PAGE IS POOR.
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3.2 DESIGN REQUIREMENTS

The design requirements of the attitude control subsystem were developed from
a nominal 30 day photo mission with a one year extended life capability.

Figure 3-6 correlates the requirements with mission events.

A quelitative dis-

cussion of the design features required of the attitude control subsystenm is

listed below.

spective component sections.

1.

DESIGN FEATURE REQUIRED

Three axis stabilized
configuratior.

Conventional ON-OFF
Reaction Control but
with "One Shot" on Jet
valve driver.

Inertiel reference unit with
rate and rate integrate

- modes from gyros.

Celestisl sensors:

e&) Fine sun sensor, coarse
sun sensor, aft remote
sun sensors.

b) Canopus Star ‘I'racker
with megnitude telenmectry
and prescnce gates at 1/3
to 3X Canopus intensity.

A discussion of component tolerances is contained in the re-

BASIS OF REQUIREMENT

To obtain the required 1 meter resolution
from orbit demanded the choice of & photo-
graphic camera to obtain, store, and play
beck the topographic information rather
than by & television system. Image smear
during the photo exposure time was of priume
concern. A spin or dual spin stabilized
configuration would have been more complex
to compensate for image motion.

Cold gas N. reaction control was proven

for long reliable life by JPL Interplanetary
Spececraft (Mariner). One shot for minimum
impulse bit was selected to suilt good
performance state of art valves. Boelng
laboratory experience was source of one-
shot feature.

Unique orbiter requirement was to hold
reference attitude with either Sun or
Canopus occulted. Accurate rate informe-
tion was required to maneuver, to stop
initial tumbling, and for daemping with
celestitl sensor position references.

Complete 47 steradian coverage was pro-
vided to assure sun acquisition. Coarse
and remote eyes were switched out on
comnand to prevent pointing errors from
secondaery radiation sources such as the
moon or eartn.

Csnopus is second brightest star; only

14.5° away from South ecliptic pole, with

no other bright stars neardy. Thergfore

a star map genersted by rolling 360" about
sun line would provide unique Canopus
identification by comparison with & priori
star map. Thus 2 unique celestial referenced
coordinate system is esteblished by a line
to the Sun (for pitch and yew) and to
Canopus (for roll).
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5. Wide and narrow deadzone Accuracy for photo and delte velocity
provided by "two step gain" manguvers demanded deadzone no greeter than
change on switching cuplifier 0.27; to prevent large limit cycle
(Gein of 1 or 10) as comanded propellent penalty during coast periods
by the Flight Progremmer. required 2.0 or larger deadzone. Cain

change method retained switch line slope
with rate to position ratio of 4:1 and
an overdamped response for propellant
conservation.

6. Lewd-leg derived rate fronm Trunsfer function selected to provide near
inertiel reference unit in optimum time responge for convergence from
the rate integrate mode mneuver rate of .5 /SEC and be overdamped
with passive R-C networxks. ot lesser rates for propellant conservation.

7. Slew plus or minus (for = To obtain photos at proper surfece ifllumi-
attitude maneuvers et 0.5 / nation angle following occultation (A.M.
Sec. photogrephy) required the rcneuver rate to

be approximetely .5 /Sec. Other maneuvers
could heve teen at lower rate. Both plus
and minus maneuvers required to minimize
total maneuvered angle end give most
accurate orientction.

8. Switeh yaw control to This feature, though provided, was never
photograph V/H crab useé in flight operetions beccuse it was
angle control not needed and did not work very well

because of noise. Eerly requirement wes
based on enticipated inability to predict
orbit treck end spacecraft attitude to pre-

- vent lateral inage smear as would result from
yew engle (crab) errors greeter than 0.5 .

9. Solar Detector (Solar A sun "not present”, as indicated by lack
panel arrey voltage) of solar array voltege, initiated switching
logic to place IRU piteh and yaw axes into
rate integrate mode so as to hold inertisl
attitude during sun occultation periods.
A similar logic wes provided by Canopus
"not present" signal.

10. Provide attitude control Weight limit of spececraft limited control
for primary mission ¢nd ges avellable.
extended missiou with 10 LB
of H2 goas.

11. 1.0 Volt per degree cnd 4 Selected on basis of electrical noise
volts per degree per sec. level expected with solid stete electrnics
for sensor scale factor and to make noise effect small on a .2

desadzone.

P —

L
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-~ 12. Only solid state switches used Reliability for attitude control subsystem
‘ throughout this subsystemn. could not be achieved with relays, reliabi-
‘ lity required was .88 for 30 day mission.

3.2.1 Gas Budge* Requirements
The impulse requirements for attitude control were determined by accounting for
every detail item of impulse. These were grouped in the follawing 5 major
categories:
1. Major rate increments
&) Initial demping of booster tip off rates
b) Initial Sun snd Canopus acquisition
c¢) All maneuvers; midcourse, injection, orbit change and photo meneuvers.
2. Limit cycle
Decdzone width and time were the veriable factors, Because of the uncertain-
ty in ability to obtain limit cygle rates of .00L /sec. corresponding to a
single 1l millisec. pulse, .0025 /sec. was arbitrarily assigned as the
minimum predicted rate.

3. Disturbances

a) Solar vressure acting to produce torgue over the mission time was
determined.

b) Gravity gredient torque time history was determined.
c) The net distwrbance torque was integrated over the mission time to
give the impulse requirewent. .

4. Celestiel reference reacquisition following an occultation

The consequence of occultation and re-apvearence of the celestial
references is a unique problem of an orbiter. Reacquisition may impose
severe gas requirements if the design fails to anticipatz fhe problem.

5. Leakage

This is the total system leakage and was treated as a random quantity
producing no net torque on speaceraft.

The conservative way of obtaining gas requirements is to simply add them
up for each individual exis as impulse requirements. To the extent that
limit eycle and disturbances strongly interact this is an over simplifi-
cation of the problem. The experience of Lunar Orbiter was that guas usage
was less than the simple addition of predictions for limit cycle and
disturbance.
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3.3  DEVELOPMENT AND OPERATION

There were no changes to the atiltude control hardware design for any of
the 5 flight spacecraft. This was due in part to the maturity of the
design as a result of & thorough developmental and qualification test
program; alsc due to the ingenuity of the designers, analysts, test engi-
neers, and flight operations people in devising work-around methods or in
exploiting inherent capability of the exlsting hardware. To expose this
information in an orderly manner the listing ¢f design changes will be
discussed for periods between major mileposts related to the program
schedule.

3.3.1 Proposal Submittal to Contrsct Award

One change to the spacecrafti mission which had a major impact on the atti-
tude control was to be capable of continuing in operation for one year.
The primary photographic mission required approximately one calendar wmonth.

. The extended life goel of eleven additional months was desired to provide

extended periods of time for obtaining lunar environment and selenodetic
data by means of tracking through the DSIF. The proposed design solution
was to simply allow the spacecraft to continue in operation in much the
same manner as for the primary mission except that there was no requirement
to maneuver and point the high gain antenna. This meant no firm require-
ment for an absolute roll reference. An additional 2.6 lb of Attitude Con-
trol gas was allocated 0 provide coarse stabilization to the sun line.
The gas requirement was based on a simple extrapolation of thz propellant
requirement for a wider deadzone limit cycle for an additional eleven
months. The lnadequacy of this estimate will become evident in the dis-
‘cussions which follow. ’

3.3.2° Contract Award to Preliminary Design Beview

Changes during this periocd occurred as a result of detail design and analy-
sis efforts. It was also during this period that the total spacecraft
welght became a mejor problem and forced the decisicn between alternatives
in favor of the lighter methed.

The first class of changes to be discussed are those resulting from problem
areas that were not anticipated in the proposal but which were identified
before the Preliminary Design Review (PDR).

1. Reacquisition of Celestial References

A unique problem of an orbiter spacecraft is hov celestial occultations are
handled. Orbits for the Lunar Orbiter photc mission resulted in typical
Sun occultations of 45 minutes out of each orbit period of 200 minutes.
Canopus could be occulted with similar frequency. The Lunar Orbiter design
concept was to automatically switch the gyro to inertisl hold when the
celestial sensor was not present. Likewise the celestial sensor srror sig-
nal was to be switched back into the control loop when the occultation
periocd was over.
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The probability of being outside the switch lines at sunrise was not properly
assesseG. Gyro drift had beun considered bug not the null shifts from being

at an unknown random position within the + 2 deadband st the time of ocecculta-
tion. Figure 3-7 iliustrates the sequence for the piteh axls; yaw would be the
same. Roll would be a variation of the same idea. The penelty for one reacquisi-
tion illustrated abovedwould be twicethe expended at sunrise to get back inside
the switch lines. A 1 /sec used approximately .007 1lb. of N, gas.

The total gas penalty for each axis would be the sum of these individual
emounts which would be dependent on @ more or less random position in the

* deadzone atlboth sunset and sunrise.

2. Meaneuver Initiation .

The sequence proposed for initiating a meneuver of the spacecraft was to:
a) Close the deedzone to +.2 degrees. |
b) Wait for a zero crossing of the celestial sensor.

¢) Slew plus or minus ﬁith gyro switched to rate mode.

Analysis showed that closing the deadzone on each orbit caused the expenditure
of approximately .02 1lb. of Né per 3 axis closure. Continuous operation in a
1.2 degree deadzone used only”~.0lh4 1b N_ per orbit. Therefore, & saving of
007 1b of N, per orbit could be had by continuing in the .2 degree deecdzone

instead of cfosing the deadzone once per orbit from a 2° deadzone.

The "Weit for zero crossing" idea was originelly proposed to eliminate the
inaccuracy contributed by the position uncerteinty within the deadzone.
Analysis showed that there was a strorgpossibility that disturbance torques
(gravity gradient end solar pressure) would be sufficient to cause an unsym-
metrical limit cycle and if already in the .2 degree deadband, no zero
crossing would occur. Thus it was concluded that maneuver time uncertainty
of the zero crossing negeted its value and it was eliminated from the design.

The final design provided for a deadzone closure of all axes . . vommand from
the flight programmer followed by a 51.2 second wait time for scitling,
immediately followed by the slew command to the axis being maneuvered. Another
festure which was incorporated in the pitch and yaw channel was & limiter on
the sun sensor at 2.4 volts. The limiters prevented the reaction control from
accelerating the spececraft to s high rate when acquiring the sun from a large
angle.

3. Wwide Field Of View Sun Sensor Errors

Pointing errors introduced into the sun sensor by secondery radiation

from the moon could have caused pitch or yaw errors of approximately 1 to
20 because of the wide field of view of the sensor proposed. The solution
was to provide a fine and a coarse sun seunsor, selectable by command from
the flight programmer, and to switch out the wide angle coarse sensor when-
ever the coarse sun sensors wvere not required. :

k3
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4, Extended Life

The method of providing an extended Life cepability of eleven months follow=
ing the primary photo mission of 30 deys remained an unsolved problem for
most of the time period preceding the PDR. Several alterratives were eX@mined
and rejected. One of the most promising was to operate the gyros in the rate
integrate mode and to slave the gyros to the celestial sensor error signal.
Projected gas requirments to continue operation in the same manner as during
the 30 day photo mission; i.e., with Sun and Canopus reacquisition each orbit,
were prohibitively heavy. The major item requiring the greatest propellant
expenditure was the celestial reacquisition problem discussed under item (1)
ebove.

The proposed design solution presented at the PDR involved an operational
concept without much chenge in control hardware. The gas qQuantity allocated
to extend the life to 1 yeer ranged from 2.6 1lb to 5.90 lb. The 2.6 1b was
simply an optimistic estimate of required limit cycle gas in & wide derzone.

The 5.90 estimate was based on analyses that included probability of reac-
quisition, disturbances, end leckage requirements. The operational method
proposed to be employed was as follows:

' a) Control roll to + 2 degree Limit cycle with roll gyro in rate imtegrate mode.

b) Operate pitch and yav in wide deadzone with coarse sun sensors only - this
provided deedzones in the range of + 10 degree to + 16 degree. Also
lowered the probability of requiring a celescial reacquisition each orbit.

Another important outgrowth of this analysis was the philosophy that the
quantity of control gas qas fixed &t 10.58 1b. Reserves and safety factors
became expendables aveilable to extend mission life, but could be traded
off for more maneuvers or for other mission ontlons.

5. Thrust Vector Control

Thrust vector control bty means of gimballing the rocket engine instead of
high level reaction control jets located at the tips of the solar panels was
& major change and is discussed under Thrust Vector Control Subsystem,
Section 5.0,

The low level reaction control jets were relocated on the rocket engine heat
shield and is discussed in detail under Reaction Control Subsystem, Section 4.0.

6. Location of Antenna In View of Cunopus Tracker

Initially the low-gain antemne was locuted in the direct field of view

of the Canopus tracker. The antenna location was originally selected be-
cause of the desire to maximize the signal strength received at earth over
the .low gain radio link. Since the antemna pattern was torroidal the idea
" was to put the plane of the torroid nenr the earth moon or ecliptic plane.
The antenna pattern was broad which allowed shifting the boom and entenna
away from the tracker optical axis. In the final design the object gearest
the tracker field of view was the tip of the antenna. It wes 23 1/2 from
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the optical axis of the tracker. As can be seen from the discussion of
the Cenopus tracker operational problems in section 3.3.6 this was probva-
bly not far enough!

-

3.3.3 Preliminary Design Review to Critical Desipn Review

The emphasis during this period (approximately 3 calendar months) was on
establishing the adequacy of the detail design. A series of development
tests were run on the attitude control components and subsystem. Perfor-
mance tests of the breadboard attitude centrol subsystem were conducted

on an alr bearing simulation of the spacecraft. Data obtained confirmed
the soundness of the design concepts., Some potential problem areas were
identified (e.g., electricel noise from sources such as the gyros, thruster
operation, or other switching transients).

The principal design change was to reduce the roll thruster force level to
.028 1b from .05 1lb. This force level gave similar torque to inertia ratio
capability to the roll axis as existed in pitch and yaw. Analysis also
indicated a potentlal N, gas saving over the entire mission of 0.8 1lb.

The plitch and yaw thrusters were oriented sc that plus and minus Jets
thrusted in opposite directions. This jet orientation was selected to
minimize the net accelerations imparted to the spacecraft by attitude con-
trol. It was desired to make the unpredictable accelerations on the space-
craft as near zero as possible because the effect would be to cause errors
in the gravitational model deduced from orbit determination data.

3.3.4 Critical Design Review to System Design Verification Tests

The ectual design changes to the attitude control during this time were
minimal. Anslyses refined the propellant requirements. Breadboard tests
of the 3 axis control system were completed and a high level of confidence
wes obtained in the &bility te predict the control performance in space.

Effects of component tolerances on system operation were re-evaluated ac-
counting for all known tolerances. The impact on attitude control of com=-
ponent tolerances or of specification changes was assessed frequently as
demanded by the difficulties in meeting component requirements as set by
prior procuremsnt specifications or by test requirements.

One important design philosophy was adopted in this time period which eased
the componen!{ and spacecraft assembly problems considerably. Namely, it
was decided to calibrate the spacecraft by measuring alignment of important
items rather than require the precise installation of the item on the space-
craft. The resulting alignment data would be incorporated into the command
software computer programs as necessary. BExamples of this alignment pro-
cess vere: ‘

0. Sun sensor null to spacecraft X axis
o Canopus tracker reference mirror to spacecraft Y and Z axis

0 Center of mass location relative to X, Y, and Z

Lk
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o IRU mirror relative to Sun sensor and Canopus tracker mirror
0 High gein entenna relative to reference sensors
o Camera optical axds relative to X, Y, and 2

3.3.5 System Design Verification Test to Actual Flight Operations

System, subsystem, and component problems came to light as a result of .
ground tests. One set of flight type hardware designated "Set C" was used'
to assemble a complete spacecraft. A logical buildup of tests by compo-
nent and subsystem preceded the system integration tests at the spacecraft
assembly level. An important milestone in the development of the attitude
control was the Subsystem Design Verification Test (referred to as SDVl).

The purpose of the first of these tests was to demonstrate compatibility
among components when connected together elecirically. The Flight Elec-
tronics Control Assembly was checked with the Star tracker, the IRU, and
the sun sensor. Open-loop performance measurements were made whenever
possible, for example, to check maneuver accuracy on the rate table.

Closed loop tests of the attitude control were conducted on an air bearing
platform simulating the spacecraft. The purpose of these tests was to oOb-
tain verification of correct functioning of the flight hardware.

All of the major functions of the attitude control were observed. This was
the first closed loop demonstration c¢f a precise maneuver magnitude,

The unexpected events which occurred were:
1) Programmer would not execute stored programs.

2) IRU lost pover whenever oscillator clocks were switched over from
clock A to B or vice versa.

3) Inaccuracies in performing maneuvers on the air bearing occurred.
Design changes resulting from these anomalies were:

1) Beat frequencies between the two Programmer clock oscillators were
interfering with normal execution of stored program commands. Pre-
vious evaluation tests on the programmer had been done with a test
set connected to be able to monitor operation. The air bearing test
was the first time it was possible to observe the operation without
extraneous equipment attached. Evidence of the problem was simply a
hangup in the stored maneuver program where the simuated spacecraft
would not maneuver back to reacquire the sun or continue in the
stored program. The cause was isolated to extraneous bits appearing
in the command word as a result of cross talk or beat frequencies
between the two clock oscillators. Circuit changes required to cor-
rect this deficiency were incorporated. :
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IRU power was lost at clock switch over due to a state change in the
programmer. This problem was tied up with item (1) above and circuit
changes corrected the problem.

Maneuver accuracy was questioned becsause:

&) 3 axis air bearing tests could not verify closed loop maneuver
precision becauss measurement equipment was not precise enough.
Also too meny test effects obscured the real accuracy; e.g.,
earth rate, "g" sensitive drift &nd position instrument
inaccuracy.

b) Spike noise from the IRU was out of spec.and had a detrimental
effect on maneuver accuracy. Changes to the IRU were incorporated
to reduce the spike noise. Later tests on the precision rate
table indicated maneuver accuracy requirements were met.

The conclusions reached from these test experiences were:

1)

2)

3)

k)

Overall system accuracy evaluations are the most difficult to measure
in ground tests. Some short cuts initially implemented to save sche-
dule time and money had to be reworked; for example, a precision rate
table test with the programmer and IRU operating together was essen-
tial to evaluate maneuver accuracy.

Test specifications were based on space operating requirements and
errors allowable in an earth test environment were greater. Insuffie
cient effort was put into analyzing the effect beforehand. Whenever
an inaccuracy (for out of tolerance test result) occurred, it was
difficult to answer the question as to the cause; design deficiency,
true failure of a component, or a test environment effect.

A test without ground system checkout equipment or cabling connected
is essentiel to obtain a good picture of expected operation. The
air bearing tests were an invaluabie tool in validating the system
performance.

The completed flight spacecraft tests in the 3 axis test stand were

" also an essential ingredient to the operational confidence in the

attitude control system on all five missions. It gave the test crews
an operating model which previewed all space maneuvers except actually
hot firing the engine. .
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3.3.6 ATTITUDE CONTROL FLIGHT OPERATIONS

Before the first flight a major question was the extent and rate of degrada-
tion of the thermal cmating of the equipment mounting deck due to exposure
to ultra-violet radiation in space., If the feared degradation occurred, the
equipment mounting deck and thermal environment was expected to exceed the

. upper design limit of +85°F during translunar flight when the spacecraft was

in full sunlight. Later in the flight the continued degradation of the
coatings would also cause excessively high temperatures. An operationsl
solution was proposed to be employed if required by the thermal environment,
namely: to maneuver off sun approximately 35 degrees to maintain the ther-
mael equilibrium. The consequences of exceeding an average temperature of
approximately 70 degrees F over a long time period prior to completion of
photo processing would have been a progressive detericration of the photo
processing bi-mat. Mounting deck temperature above zpproximately 100 de-
grees F would have caused the temperature control limit on the gyro heaters
to be exceeded with the resultant loss of fluid viscosity end scale factor
change.

Flight Experience - The attitude control system operation for all five mis-
sions could be considered flawless had it not been for the consistent pro-
blem of "glint" with the Canopus tracker. The first six hours and 48
minutes of Mission I were routine and according to plan. At this point
the Canopus tracker was turned on and a 360 degree roll was made according
to plan to generate & star map in preparation for the first midcourse cor-
rection maneuver. Canopus could not be identified. The &ctual star map
had no resemblance to the priori map. Fallure to obtain an accurate roll
reference (Canopus or a reasonable substitute) would have been catastrophic
to the mission. The second star map was executed three hours and 40 minutes
after the first attempt and produced similar unintelligible telemetry data.

 Four hours later (and after much analysis) a third star map was made simul-

taneously with an antenna signal strength map. The antenna roll mep corro-
borated the location of the moon Iindicated on both previous meps and con-
firmed that one blip seen on the second star map was Canopus. The moon was
ueed as the roll reference for the first midcourse maneuver 13 hours later
(a total of one day and four hours into the flight). Detalled star aap is
shown in Section 8.3, which discusses the Canopus tracker.

The diagnosis of the Canopus tracker problem was that the star tracker was
"tracking" glint reflected from the light baffles; hence was locked-up at
full roll error. One major source of stray light was identified as the
low gain entenna which was located 23 1/2° off the tracker centerlime in
roll. Canopus was finally tracked successfully when in the sun by maneu-
vering to the roll attitude which placed Canopus nesr the center of the
field of view and turning the tracker off and back on by ground command.
The basis for switching off and on was in the design of the tracker acqui-
sition characteristics. The first bright object seen by the tracker in
the search field of view : v
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would be tracked. This first object could be glint from the sun
shade baffles, Canopus or some other star. The off-on cycle
might have to be repeated several times to "get" Canopus teceuse
of the locetion of the star in the field of view, glint, and the
unpredictable starting point of the instantaneous field of view

in the scan cycle. Later in orbit when the sun was occulted by
the Moon the Canopus trecker opercted correctly and star maps were
genercted vhich closely matched the a priori maps.

The attitude, conduct, and control philosophy of the spececraft
operations team changel radically as & result of this experience.
The items which impacted future operations are discussed in the
following:

1) The pre-planned mission, the timing of events, the rigorous
end inflexible operational modes of the attitude control
subsystem which hea peen planned for use were aiscarded rrom
necessity.

2) The worst fears of the thermal control people about the spece-
craft overheating were confirmed. Operation of the spacecraft
at an angle to the sun line provided thermal relief and becane
accepted as standard required practice.

3) The flexibility of the Attitude Control Systex to operate for
long time periods in modes not previously plenned was clearly
exvosed.

4) The skill of the operations team in being able to fly the
spacecraft, almost as if in resl time, was denonstrated.
Many of the flight operations people had been intimetely
involved in the design, ennlysis, and test phases of the
progreai.

5) The confidence in the attitude control and spececraft equip-
ment was increased by an order of magnitude.

6) The esttitude control propellunt wested in the initial portion
of the flight (by numerous unscheduled maneuvers) demanded
that subsequent operations conserve N, gas as the prime criteris.
mxcellent management of meneuvers, reduction of the number of
reacquisition of celestiul references, integretion of therm:l
relief off-sun moneuvers with other maneuvers, extrapolation
of telenstry indicated gyro drift data and exploitation of the
vide dead-one mode for both limit cycle and sun acquisition
wvere &ll used to complete the primary paotd nission of Lunar
Orbiter I with all photos read out and with 2.7 1b. of N, zus
remaining for extended life mission. =

TY OF THE ORIGINAL PAGE IS POOR.

REPRODUCIBIL
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3.4 CONCLUSIONS AND RECOMMENDATIOIIS

The attitude control subsystem performance on e£ll 5 successful flights ade-
quately demonstrated the quality and soundness of the design concepts and
hardwere used excevt for the Canopus tracker. In summary themajor DO's
are:

1) Provide 4T steradian coverage to ensure sun acquisition, but be
eble to narrow the field of view to avoid excessive errors from
outside light sources.

2) Closed loop attitude maneuvers (one axis at a time) using strap down
gyros with rate and rate integrate modes provide good precision. The
reverse maneuver sequence (or unwind) as employed on Lunar Orbiter
proved especially useful in avoiding unnecessary celestisl re-
acquisitions or searches and provided a meens of evaluating the
maneuver accuracy vie telemetry by means of the celestial sensor
error when the sequence was conpleted.

3) Alternate and complementary modes of operation which can be selected
by ground command are invaluable. Examples which contributed most to
the Lunar Orbiter success wvere:

&) Roll orientation could be determined by radio sigral strength
from the high gein antenna when pointed at earth and was used
to corroborate the information from the Canopus tracker.

b) Star map and roll attitude error signals were of great value
to the workaround methods of achieving roll attitude even though
the CST failed to con51stently allow Cenopus lock-on in the
sunlignt.

c) Attitude hold using gyro references in inertiel hold for long
periods of time permitted the operation off sun to prevent over-
heating the spacecraft; also to solve the Canopus tracker glint
problems. In space calibration of gyro drift improved the
efficiency of these workaround techniques.

d) The reaction control gas supply was edequate for the missions
because minirum impluse bit limit cycle was achieved and the
operations team could trade off gas budgeted for extended life
against extra maneuvers.

e) The wide and narrow deadzone select option, in conjunction with
the fineoand coarse sun sensor select option, wes used to maneuver
at 0.055 /sec rather than the design rate of 0.55 /sec. These
options conserved gas.

f) Derived rate from lead lag networks provide good acquisition
characteristics. Electrical noise problems were successfully
solved before first launch and limit cycle performence with gyros
in inertial hold using the lead lag circuits also achieved minimum
impulse bit performance.
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4) Many of the people manning the (light operations teem had intimate
knowledge of the attitude control system gained through involvement
in enalysis and test from the beginning of the program. Others were
new to the design and so had no inhibitiions sbout exploring end
exploiting new capabilities. Without the ingenuity and skill dis-
played by the flight operations team in working around in-flight
problems, the progrem could not have been & success.

Recormendations for "doing differenlly if one had it to do over" include

the following: .

1) Additional features which were desired by the flight operations team
"{f they hed it to do over again" were:

2) The ability to torque the gyros of the IRU or command spacecraft
slew at some low fixed rates, e.g. increments + .05 degrees/sec.
Since gyro drifts were very predictable, they could have been
corrected by torquing pulses controlled in duration through the
programmer. Hence the effects of gyro drift could have been
essentially eliminated.

b) Gyro rate telemetry scaling was selected 10 confirm limit cycle
rates and gave a satursted output during &ll meneuvers. An
additionel scale covering a range of + 1 degree per sec. would
heve been very useful in gas budgeting, and in confirmetion of
maneuvered angle. '

c) A wide angle sun sensor calibration prior to flight would have been
useful in flying off sun. Such a calibration was made in flight
from maneuver data. :

2) One disedventage of the operating routine developed for Lunar Ort-iter
which became evident during the extended mission was that & Flight
Operations crew was required to "baby sit" the spacecraft. There
were essential required functions, tests, and maneuvers which were
interspersed between hours of doing nothing. The result was boredom
to the operations crew. This was probably a factor in incorrectly
compensating for drift, loss of sun power and the unscheduled loss of
N. Gas on Spacecraft V. This required that it be crashed much earlier

t%an vlanned.
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4.0 REACTION CONTROL SURSYSTEM

The Reaction Control Subsystem (RCS) was one of four subsysteus Lhat
constituted the spacecraft G%C system. The relationship of the RCS to the
total G&C system is illustrated in Figure L-1.

4.1 SUBSYSTEM DESCRIPTION

The RCS, illustrated in Figure 4-2 consisted of the nitrogen stornge tank,
squib valves, filters, presswe regulators, plumbing, and reaction control
thrusters. The N, storage tenk served as the gas supply for the RCS, and as
a source to pressurize the fuel and oxidizer tenks in the velocity control
subsystem; Figure 4-1 illustrates the plumbing and velves essociated with
this function. The RCS generated the torque necessery to control the space-
craft about three orthogonal axes designated roll, pitch, and yaw, by uce of
eight recction control thrusters. Thruster opening was controlled by the
closed loop electronics. A supply of 1l4-1/2 pounds of nitrogen was stored in
a spherical tank at 3500 psi. Ten pounds were dbudgeted for attitude control,
and four for pressurizing the ruel and oxidizer tanks. The nitrogen was
regulated to 19 psi for the thrusters and to approximately 200 psi for
pressurizing the fuel and oxidizer tanks. The advenvuges of using space
proven, ctrti-the-shelf hardware were major faectors in the selection of the
nitrogen control gas system. Tne thrusters ana regulator were modifications
of those used on the Ranger and Mariner spacecraft.

4.2 SUBSYSTEMS DESIGN REQUIREMENTS
In addition to the general guidelines and constraints specified iu section

2.0 which apply to the G&C system as & whole, there were the following
specific requirements imposed on the RCS.
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REACTION CONTROL SUBSYSTE! REQUIREMENTS
Subsystem Life One Year

Nitrogen Supply
Attitude Control 8.0
Reserve 2.0
Velocity Control Pressurization k.o
1.0

Ullage and Leakage
TOTAL 15.0 1lbs.

System Leakage

First Month (including velocity control < .061 lbs/month
pressurization) < .037 lbs/month

Thruster Requirement

Resporse

On transport lag
Off transport lag
Cycles (endurance)
Leakage
Thrust Levels

< 9.75 millisec

< 9.5 millisec

> 100,000
25CC/hr/thruster

.05 1b. pitch and yaw

.028 1b. roll - in couples

Temperature

Thruster Y-dy - other components 35° to 85° F.
Thruster nozzle - -300° to +300° F.
Gas temperature -659 to 85° F
Pulse width 11.5 # .5 millisec
Recovery time of electronic driver 1 millisec
Regulator
Adjustable pressure 16 to 24 psig
Maintain pressure + 1 psi
With inlet pressure 200 to 3820 psig
and flow rates 0.5 to 2.0 SCFM
Cycles - lockup to 2.0 SCFM to lockup 240,000
Cleanliness
Maximum particle size 5 micron metallic

25 micron nonmetallic
Assembled in class 100,000 clean room
The thruster performance was based on a specific impulse of 68 sec

using Np gas at T70° F. This also was the basis of the conversion to
amount of Np gas required.

54
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4.3 DEVELOPMENT AND OPERATION

Cold gas Nitrogen reaction control subsystems had been used on several srace-
eroft prior to Luner Orbiter. The Runger and Mariner were simllar appiice-
tions and the hardware experience end techniques developed on those programs
were used wherever possible. However, it became apparent that the particuler
Luner Orbiter specifications for environment &nd performance precluded the
automatic approval of the hardwere bnsed on "space proven" operation. Most
items of hardwere were required to be completely re-qualified and documented
in & fornal manner.

4.3.1 SUBSYST=M DESIGN EVOLUTION

The stringent leakage requirements, necessary to meet a one year life
requirement, played a dominant role in development and operation of the

RCS. Many of the design considerations and miror problems encountered in
both the development end mission operations were related to leakage con-
siderations. The use of brazed f{ittings for all the plumbing, except the
connection of the N. tank, and the use of a cluster of 3 thrusters to reduce
menifold plumbing, &re examples of the influence of leakage requirements
upon configuration. "Modular" construction of the renction control systen
was used to keep plumbing lengths short and ellow testing at the subsysten
(module) level rather then at the spacecraft level. Tests for leakage
after installation on the spacecraft were accomplished using & mass spectiro-
meter to sense leakage by means of a helium tracer. Thruster leakage was
determined by using a special fitting over the end of the thruster and
collecting the gas. Stringent component and essembly cleanliness require-
ments were imposed to keep contamination low and to help maintsin the
leakage requirement. Bach component had to nmeet the requirement thet

there be no metallic perticles exceeding five microns in size and no
nonmetallic particles exceeding 25 microns in size. Component assembly

in 2 class 100,000 clean room was required and ecceptance test procedures
included & test for cleanliness of the components. By purging the com-
ponents with a ges which was passed through a 1.2 micron filter and collected
on & 0.3 micron filter, it was determined if the component met the above
requirements. If any particle exceeding the requirements was found, the
component was purged again until the specification was met.

Severs) significant design chenges occurred early i *he RCS design phese.
The original systen proposal had two levels of thrust, & low level for
attitude control and & high level for control during velocity meneuvers.

In July 1954, e decision wes made to use & gimbaled engine mount, controlled
by thrust vector actuators (this trade is discussed in section 5.0). Tais
chenge, made primerily to reduce spacecraft weight, elimineted the need for
the high level one pound thrusters located on the solar pernels. It alsc
eliminated the associated structural coupling with the reaction control
loop as a potential problem. As part of the weight seving effort « cormon
. storage tank was selected to serve as the RCS gas supply, and «s &
source of pressurizing ;2s for the fucl and oxidizer tanks. The several
adventages of combining the two systems were: (1) weight saving of one
tank instead of two, (2) weight savings by shering the nitrogen residuels
and reserves between the systems, and (3) considerable flexibility between
the systems was avsileble, e.2., & squib velve wes provided to isolete the
velocity subsystem. This could be used after the finel orbit meneuver to

25



nR2-114277-3

conserve all remeining N, for attitude control (sufficient pressure remcined
in the velocity system t0 expel !uel and ozidizer in a "blow down mode"

to accomplish & final engine burn to crash the spacecraft at the conclusion
of the mission). The major disadvantage wes the possibility of a severe
leak in one system depleting the gas for the other system. If the attitude
control systen developed & leak it could not be isoleted since the loss of
attitude control was catastrophic on the mission. One requirement that
resulted from & combined syst:m wos to specify muterials in the attitude
control regulator end thrusier -hich were competible with N,Oh, since all

leaknge back from the propellant tank could not be prevented?

In the original proposal the low level attitude tarusters were located on the
equiprent mounting deck. Just prior to the preliminary design review the
decision was made to move the thrusters to the engine mounting deck to improve
lever arms end reduce nitrogen conswnption, and to reduce plurbing lengths.
At this time the thrust magnitvde of the roll thruster was reduced from 0.05
1bs. to C0.028 1bs. to improve limit cycle efficiency in the roll axis.

4,3.2 THRUSTER DEVELOPMEN

The reaction control thrusters were designed to meet the requirements stated

in paragraph k.2, The original design requirements on response were much
tighter (e.g., 5 milliseconds "Ou" transport lag) than final requirerents.
Durins the design evolution, it became epperent that the thruster vendor

could not meet the response requirements over the specified range of temperature
and voltage. Thruster control circuit design had to be modified to be competi-
ble with thruster capebility. Response time was set on the thruster to mininize
the nitrogen consuaption for limit cycle operation. Limit cycle rete goals were
one-fourth of the design rate used for fuel budiet calculations and one-tenth
of the design rate &s set by photo smear requirements. This conservative
requirement was set to assure that the rate requirements would be met even

with multiple pulsing of the control system. Limit cycle rates during flight
vere almost always below the rate equivalent of two minimum thruster pulses.
When the rates were higher, the major cause was disturbence torques.

Thrust level was sized by the attitude moneuver method and equipment. The
spacecraft was maneuvered at 0.5 degree per second nominally and the reaction
control thrusters had to be large enough to reduce this rate to zero in less
than four degrees travel (gimbzl limits of the gyro).

In order to meet the stringent leakage requiresuments of 2 sce /hr and have
long life with low leekege, hard metal-to-metnl sect and porpet were used in
the thrusters. The seat wos 440 stainless steel and the poppet was &
tungsten carbide. Very satisfactory perforuance wes achieved with this
design in both test and flight.
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Early in the progrem & leakage protlem was encountered during nssembly of the
hard metal seats to the thruster body, The thruster design during that time
period is shown in the bottom half of Figure L-3. The lenkage was being
controlled by adjusting the torque on six wussembly screws. Due to the very
tight leakage requirement, minute distortions of the seat occurred resulting
in leakage that excecded specifications. The hard flenge of the seat was
modified to mate against a siliconc flange seel as shown in the upper half of
Figure 4-3. This r~design eliminated the origi:nsl problem by sezling the
seat without distorting +t,

One pitch and a pair of roll thrusters were ranufectwed iIin & welded cluster
of three with comion manifolding to save weight, reduce lesxage, and

reduce the number of alignments required at the spacecraft level. Probleuns
were encountered with the cluster of thrusters. Durinb the assembly welding
process, contaminetion was generated which caused taruster. leakage. 1In

many cases only two of the three thrusters would meet the s;ecl”ications
during thruster checkout testing. Thils resuited in a greet deal of rework
and schedule delays. In addition if one of the three thrusters was out of
alignment, specification on.spacecraft assembly realignment of that thruster
would usunlly compromise the alignment of the other two.

In order to maintain moderete thruster velve temperaziures, the body of the
thruster was mounted iuside the thermel shroud. In addition, an insulating
silicone gasket washer wes used between the nozzle and the valve body which
reduced the heat loss through the nozzle to deep space By necessity, the
nozzle was exposed to the deep spuce environment with a tcmu-zu.ure range

of + 300 degrees F nrenheit. During testing it azs shown that the valve
opereted successfully ot te.pers uras as low s us 65 degrees F. Also

to prevent the possibility of thruster freeze up tvp niitrogen ges was
required to be dry enough so thaf moisture woulc not precipitate from the gas
at temperatures down to minus 65 F.

4.3.3 THRUSTER CONTROL CIRCUIT

The circuit to control opening of the thruster wes physicazlly located in the
closed loop electronics portion of the Flight Electronies Control Assembly.
The "velve driver" controlled the thruster in response to error signals from

the sun sensor or star tracker, inertial reference unit, and slewing

amplifier.
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A "one shot " electronic drive circutt was incorporated in the valve driver
electronics to avoid thruster chatte: caused by the driver responding to
system noise of insufficlent duration to cause tie thruster to fully open.
By preventing thruster chatter the nusber of cycles wouvld be reduced to
extend the 1life of the thruster for the one year mission. The on time of
the "one shot" was selected to satisly two conditions, (1) with worst case
tolerances the thruster would be fully open prior to the one shot off tine,
end (2) minimum value consistent witn the thruster response time to minimize
the impulse bit cepadbility of the syslem. In order t0 reduce the thruster
off delny and protect che treansistor arive circuit ITom excessive 1inauciive
gickback, & snunt zener aiode was incorporated. The zZener opreakdown value
was "optimized" as shown in Figire 4.-4 so that the off delay matched the on
delay. The minimum impulse tit from the thruster with the one shot wes 1l
milliseconis nondinal.

Current and voltuge oscillogrems were used to indicate actual physical motion
of the valve plunger. /[ %ypieal current trace for velve opening is shown in
Figure 4-5z and for a valve closing in Figure 4-5b. These "signatures"

were used to measure response time on component tests as well &s Lo prove thet
the thruster was still functioning when instelled on the spacecraft.

The presswe reguloior wes designet to meiatain & thruster supply pressure of
19.5 psig + 1 psi from a maximum tank pressure ot 3320 psig. The 3300 psi
tank prcssﬁre ves chosen near the maximun velue thrt an availabdble spece
proven pressure regulator could tolercte without & reaesign. The 19.5 psig

thruster pressure was chosen to give ¢ zeod thrust coefficient waile maintaining

a compact unit and meeting the tarust requirement. The maXimwi pressure was
xept us low &s possible under the ebove design constraints to reduce leakage
and ullege. In order to relieve downstream pressurz surge resulting from the

slen stert, a2 relief valve was incorporated in thc regulator. The slem start
resulted from firing the pressurization squit following spacecralt separation.

4.3.5 PLUMBING

Stainless steel quarter inch tubing wes used for the plunbing. The quarter
4nch tubing wes of adequate size to ellow flow for a single thruster operation
without excessive pressure drop. Deczuse the spacecrult was maneuvered about
one axis at a time, only & single thruster would operate for ¢ long durstion
(not in pulse mode) at & time. The quurter inch tuoing had pressure Arops
which resulted in out of speciiiec thrust if zll three thrusters were

operetea simultanecusly. OSince this moée of operation was not ndrmal &na tae
reduced thrust caused by three thruster simultensous operation .as still
edequate for control, the tubing & ze was not increesed.

To keep leakege to & minimun the joints were brezed. Stainless steel tubing
was chosen bectuse consistently zood Lrazed Joints were easier to achleve,

The brazing process was chosen over welding because the plumbing could be
assembled and brrzed on the spacecralt without contaminnting the systen.

4.3.6 TESTING

Engineerin; eveluaztion tests of the thrusters were conducted using development
models of the thrusters with sea-level nozzles obtained from Sterer in August

59




o eay

pu

VOLTAGE

pR-114277-3

SITOA = EOVITOA LMNAISIHVUL ONISOTD VAL

R : 3 1

: 2 \
[ ¥ ¥ @
—Wr—'g @ A =
Ié-« ‘?‘ = g

. o

of—]a

\

/\jbﬂc

34 VOLT SUIPLY

301(%__?{

21 VOLT SUPPLY

$ 4 £ 8 % 588 ¢

S@MIOOFSTTIIN = AVIEQ 450 HALSNMHL

FIGURE L.-4  EFFECT OF SHUNT ZENER
DIODE Ol THRUSTER "OFF"
DELAY

N

70

20

10

0

ZENER DIODE VOLTAGE - VOLTS



-,

-

De-114277-3

" ON"
TRANSPORT
LAG
é FULL
OPEN
TLE

(a) "ON" TRANSPORT LAG MEASJREMENT

" OFF"
TRANSPORT
LAG FULL
CLOSE

START
CLOSE

VOLTAGE

TIME

(b) "OFF" TRANSPORT LAG MEASURENENT

Ficure L..§ USE OF VOLTAGE 4D CURRENT FCR TRANSPORT LAG MEASTREIENT

61



DR-114277-3

of 1954. These were later incorporated on the air-bearing attitude
control simulator.

One of the major questions about the reaction control subsystewm from the
eritical design review of January 1965, wes whether the specific impulse wes
degraded in the minimum pulse or limit cycle mode of attitude coutrol.

An anelysis wes conducted to asscss the total impact on the N, ¢#s requirements
of & specific impulse degradation. The anelysis indicated the&t the gas require-
ments for short pulsing were relatively insensitive to I__ over a range from

45 to 63 sec. The reason for this weie that gms requiredsPor limit cycle went
down with lower I while the gos required to remove disturbences went up.

The two effects 5P tended to cancel out.

In addition, a simple unique method for testing valve thrust and impulse
degredation was devised. The test thruster wes mounted at the end of e 61 inch
piece of 1/4 inch tubing is e cantilevered bean which had e free period of

1.0 sec. (See Figure 4-6). Due to the lov damping of this system, the first
peak or tke steady state value of the deflectior is proportions) to thrust level.
Steady state thrust levels were measured using this test set up. In addition,
the same test set up waes used to determine impulse when the thruster was driven
by single pulses of 5 to 100 miiliseconds duration. As & result of tals testing,
it was concluded thst there was no significant impulse degradation due to short
pulsing. These were some of the tests which edded confidence in the adequacy of
the desigu.

During svececraft level testing the thrusters vere operated for several thousand ’
cycles without gas flow. Throughout spacecralt testing, when the spacecralt wes

not in & clean room aree, the thrusters were kept clean by means of a dust cover

over the end of the thruster. As & result, only internally genereted contomine-

tion could cause the thrusters to exceed their leskenge requirements. By cyeling

the thrusters several thcusand cycles with N, flowing, the leskage could be

reduced to an acceptable velve, 3 scc/hr. fhe harc metal poppret and seats and

gas flow would elimincte any contaminztion without scoring and return to &n
acceptable leakege state. Thais was & very useful edventege of the metal to

metel seat design.

&
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4,3.7 MISSION PERFORMANCE

The Lunar Orbiter Mission Operations proved to be very flexible in part due to
an adequate supply of nitrogen control gas. The requirement to provide the
capability for control of the spacecraft for one year provided a substantial
amount of Np that could be traded for modifications to the primary (30 day
photographic) mission.

During Mission I, an internal leakage did occur in the velocity subsystem
regulator. In ten days epproximately one pound of Np vented overboard through

the propellant tank pressurization relief valve. A decision to isolate the
system even though there was propellant left was made to conserve the attitude
control nitrogen. The isolation squib stopped the major leak. Iater the velocity
control engine was fired successfully in a blow down mode. Following the
photographic mission (30 days into the flight), a detail analysis was made to
‘account for all control gas used. The difference between the actual usage (as
indicated by telemetry pressure and temperatures and this impulse analysis was

50 sce/hr. Leakage through the isolation squib of the velocity control subsystem
was not evident in tank pressure rise. Since the analysis only covered 2 orbits,
approximately 7 hours, the leakage value is at best an estimate due to the coarse-
ness of the telemetry data and in accuracy in assessing the nitrogen used in the
limit cycle mode. The significant thing is that the design leakage requirement
was based on approximately 21 sce/hr with the isolation squib completely closed.

Performance during Mission II was as expected. The first clear evidence of
leakage through the velocity control isolation squib was indicated by the pro-
pellant tank pressure rise after the isolation squib was blown. Methods of
conserving nitrogen gas were improved and refined.

Figure U4.-7 is a comparison of the design nitrogen budget and the Mission III
actual usage. It is evident from the comparison that the basic photographic
mission was greatly expanded from the design mission by comparing the design and
actual photo maneuvers. Also, an additional 1.1 pound of nitrogen was used to
circumvent problem areas encountered with the spacecraft. It is evident from
Lunar Orbiter experience that the control propellant budget for future spacecraft
should include contingency gas.

During the last four of the Lunar Orbiter missions there was a small internal

leak through the velocity subsystem isolation squib. The leak was estimated to

be 50-100 cc/hr and occurred until the velocity control regulator went to

"lock up" and then the leak stopped. An improved design of this isolation squib
with a conical shaped plug and seat, rather than a cylindrical shape would probably
have reduced this leakage source.

There were no catastrophic failures of any of the components during the five
Lunar Orbiter flights which accumulated 920 days of flight time in the five flights.
A summary of thruster cycles and total mission time is presented in Figure L4.-8.
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FIGURE k,-7

DESIGN N2 BUDGET

( Compared to Mission III Actual Usage
Design Actual
PRIMARY PHOTO MISSION (30 Days) Budget (Mission III)
Initial Acquisition 0.22 0.30
Attitude Maneuvers for Velocity Change 0.55 0.28

Photo Maneuvers

12 - 3 axis (design totzl) 1.19
41 - 3 axis
8 -2 axis}(actual)
l-1 axis,
Actual Total 3.84

Photo Transmission

10 days gdesign) 0.68
8 days (actual) 0.4o0
Extra Maneuvers 0.0 1.11
‘ Limit Cycle & Automatic Celestial Reacquisition 1.36 1.07
4.00 7.00

EXTENDED MISSION

TOTAL (11 months design, 7 months actual) 4,02 los 3.7
Usage Rate - 0,012 1bs/day " ,0172% 1b/day
Reserve 1.98
Ullage 1.00
Available when destroyed 1.0
Né Velocity Control
Primary 4.00 2.85
Extended .0 .65
Total Velocity Control L.00 3.50
Total Supply 15.00 15.20
; { *Average usage during 215 days. Included limit cycle and pitch maneuvers
e for thermal relief plus several special tests and training maneuvers for
: Mission IV.
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FIGURE ho -8

THRUSTER CYCLE AND TIME HISTORY

Mission

s/c

Test Cycles

Photo Mission Cycles
Extended Mission Cycles
Total Cycles

Cycles Per Thruster@?}

Flight Tinme Total

N. D. - no date

I I1 111

4 5 €
697,360 497,100 231,500
26,830 15,260 17,000
N. D, N. D. N. D.
728,210[1  M2,360(1 218,500 (1>
120,700[1 85,390 P 41,310 1y

79 days 338 days 2L€ days
18 hrs 8 hrs 9 hrs

[:) Total of test and photo mission cycles.

v v
7 3
74,800 96,L00
19,180 17,110
N. D. 214,400

93,980(D> 327,910
15,660 (D> 54,610

T3 days 182 deys
8 hrs 9 hrs

EE; Assuming each thruster operstes approximately one sixth of the total.

Ht




D2-11L4277-3

4.4 CONCLUSIONS AND RECOMMENDATIONS

The major conclusions of the study of the Lunar Orbiter Reaction Control
design are:

1) The cold gas N, reaction control proved to be highly reliable, and
with operating characteristics closely predictable. There was never
any evidence in flight that the delivered specific impulse differed
from the theoretical value of 68 to 7O seconds.

2) Prevention of leakage for the long life requirement had the major
impact on the design. Welding and brazing proved to Lo good solu-
tions. Cleanliness requirements for contamination to be less than
5 micron for metallic and 25 micron for normetallic particles was
Justified. Even so, the velocity control I, pressure regulator
experienced internal leakage (failing to lock-up completely) on
Lunar Orbiter I and wasted approximately 1 1lb. of gas.

3) An adequate gas supply permitted the flight operations to be conducted
with a flexibility greater than was anticipated at the design stage.

L) A one-shot or minimum pulse bit command to the thruster is recoumended
to avoid alve chatter problems.

5) Hard metal valve seats are recommended for valves exr-cted to last
more than 6 months in space or operate more than 100,000 cycles.

6) Combining the N, gas supply for reaction and veloecity control
proved L0 be good on ILuner Orbiter and added to the mission flexibility.

7) Valves or other moving parts tend to generate their own contamina-
tion particles which may accumulate during testing and cause ex-
cessive leakage. The thruster valves on Iunar Orbiter proved to be
self cleaning when N2 gas was allowed to flow from a make-up supply
during final spacecraft check-out.

8) Thruster nozzles with external threads allow caps to be installed
for protection and sealing. System regulator checks may also be
performed without added test valves.

9) Oscillograms of current and voltage provide an adequate signature
of physical motion of the valve plunger for functional test purposes.

10) The N2 tank supply was sealed off from the reaction and velocity
systems by squib valves until the squibs were actuated in space.
This permitted end to end system testing from the time of final
spacecraft propellant and i, tank loading until actual launch
without being constrained by the amount of N, gas which would be
wasted if the tanks had not been so isolated. This was a good
feature and added confidence in proper hardware operation.
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Recommendations for doing differently "if one were to do it over" are:

1)

Welding of thrusters into a cluster of three caused problens with
wanufacturing and delivery schedule slides because the process
caused contamination of thruwiters previously completed satis-
factorily.

The isolation squib of the velocity control system was inadequate =
it leaked; it could not be actuated against normal system pressures
early in the mission. A conical seated squib valve should have been
used.

68
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5.0 THRUST VECTOR CONTROL SUBSYSTEM

The Thr.rust Vector Control (TVC) subsystem is one of four subsystems that
constitute the spacecraft G&C system. The relationship of the TVC subsystem
to the total G&C system is illustrated in Figure 5.-1.

5.1 SUBSYSTEM DESCRIPTION

The TVC subsystem, illustrated in Figure 5.-2, ccnsisted of 3 principal elements
for each axis, the thrust vector actuator, the gyro, and the compensation network.
The TVC subsystem controlled the spacecraft pitch and yaw attitude during velo-
city maneuvers. The Attitude Control Subsystem initially oriented the spacecraft
to the attitude desired for the thrusting maneuver, and established a 0.2° dead-
band. During the velocity maneuver, error signals from the gyros operating in
the rate integrate mode, commanded actuator position through the lead-lag compen-
sation networks. The velocity control engine was mounted on a set of gimbals and
positioned by the thrust vector actuators. The gimbal assembly utilized flexural
pivot bearings, which were selected because of their inherent insensitivity tc
prolonged space storage, and ability to withstand high temperature resulting from
engine heat soakback. The compensating networks were located within the closed
loop electronics portion of the flight electronics control assembly. Roll con-
trol was maintained by the .028 1lb. roll thrusters of the Reaction Control Sub-
system. The pitch, yaw and roll reaction control deadbands were opened to $ 2.0°
during engine firing to avoid wasting reaction control gas.

5.2 DESIGN REQUIREMENTS

In addition to the general guidelines and constraints specified in section 2.4
and 2.5 that apply to the G&C system as a whole, there were the following speci-
fic requirements imposed on the TVC subsystem:

Orient and hold the thrust vector with a total error of 1.
(including attitude control two axis maneuver errors).

Maintain control with z.m. offsets from actuator null of 3.8
Recover from engine start burn misalignment conditions:
Full propellant tanks 3.8°
Near empty propellant tanks 3.0°
Have 6.0 db gain margin for all flight conditions.
Environment:

Pressure from sea level to hard vacuum

69
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Operating temperatures 35° to 25%,
Actuator rod end soak back - non-operating 175°%,

Vibration - A combination of 10.0 g sinusoidal between 20
and 2000 cps and Sandom vibratior with 2 ;nder spectral
density o: 0.02 g</cps between 15 and 4CC «ps peaking
to 0.1 g%/cps between 1000 and 1400 cps at 11 g AMS
overall for Flight Acceptance Tests. Qualificatior
tests were similar to FAT, but with 16 g AMS randon
Jor 4 minutes per axis and 15 g sine sweep at 4
octaves per minute.

The requirements to cope with a c.m. offset and mistrim were based on two
values of initial conditiors, one a start-burn flight condition with full
propellant tanks, and the second an end-burn flight conditior with near
empty propellant tanks. These initial corditions were:

SOURCE OF MISALIGNMENT START BURN END BURN
Initisl spacecrsft error with respect + 0.2° t 0.2°
to the gyro null

Initial actuator position t 2.8° (stroke limit) + 1.5°
Engine position for c.m. alignment + 1.0° t 1.5°
Initial nozzle angular error from trim 3.8° 307

The large c.m. offsets and shifts frox trim used in the design were calculated
from the effects of the possible propellant migration between tanks plus initial
alignment tolerances. Actuator hard-over conditions were considered for the
start-burn flight condition because of the remote possibility that an actuator
covld overshoot to this condition if the velocity maneuver was short and the
actuator power was shut off during an actuator high rate transient. A possible
gyro error of + 0.2 degrees could exist at velocity engine ignitior since these
are the deadbands of the attitude control system prior to a burn.

5.3 DEVELOPMENT AND OPERATION

The thrusting control configuratic:. originally proposed on the Lunar Orbiter
spacecraft consisted of a fixed sngine pre-aligned as close as possible to the
average predicted center ofMass. High thrust level (1.0 1lb) reaction control
jets located at the tips of the solar panels were provided to maintain control
of pitch and yaw during engine firing. The gimbaled engine cornfiguration was
also considered and presented as a backup in the propcsal. The high level re-
action control was initially selected to avoid the problems of a new actuator
hardware development. Early in the spacecraft design phase, total spacecraft
weight dictated a vigorous weight reductior program. The most important facto:s
which favored the change to the gimbaled engine was the resultant weight reduction
and allowed relaxation of c.m. location requirements. A tabulation of major
trade factors are summarized in Fig. 5.-3.



De-114277-3

*£9TTTATXeTd Tousd
JIBTO0S YITM JurTdno) JAL seoupoxzul

*UOTITPPY J0(BK ® ST 350D
BUOTFIBOTJITITHND pus Ju2wdO[3A3(] JO3BN3OY

¥0BQyBOS 3B JUTIuy -
JUIUWUOITAUY 20vdg =

‘YITM 21qT3edmwo)
BuTTeqWED) OPFAOGId 03 uBTsopay TB.IN3INIRS

3J04S aWL] - paxInbay juswdoTars( JI03E8N3OV

JNIONE GITVEWIO 40 SHOVINVAQVSIA

i

'S
il

*£2 1Trqede)
[IM0ID J9339€ SIPTAOII WasAg [BqUED

FUBWRIFNDIY TOJIJUO) *W*D XaTaY o]
*32ueyy °*W°O
03 IATJ3ZTEUSS . SSIT 3dUBWIOJAdd UOTSSIW

*udysaqg
JBTUPON MOTTY DUB UOT3BZTUBYDIIW
waq g Toajzuo) uoTyousdy AZyrduis

JUUSIYXE IIY
saanyeradul], Tousd JIBTOS ©

sTausd JIBTOS

30 dIg 9ay3 uo saagsnayy]
U3TM 3S9f ST 2ouBmIojaad o
‘POYRUTWITH WaTqoxd
UOT3BI0T IATBA Ja3snayy, 7oA77 Y3TH
* I93SNaY], PIJUNoON
Tausd 0% JupqunTd 9TQIXITI 3 BUFWITH
*AYTTFATXOTI Taued JB[OS Y3 TM
JurTdno) TOI3u0) UOTIOBIY SV BUTWITH

*[auegd

JBTOS UO UOT3BOO7T J39SNIY] 03 ong sSaxy

TOI3UOD 3SNIAYL, YBTH Pamadg So3B3UTWITH
*SqQT Og - sBuTaws JUITaM

ENIONA qaTTVEyID 40 STOVINVAAY

TOYLNOD ¥ILSNYHL NIOOELIN ANV TOHINOD INIONZ (FIVEWIO NTHMLIE JAVEL

£-6 TNOId

‘8

b

‘S
i !

T3



pR-114277-3

A major engineering design decision was made based on this evaluation to change
to a gimbaled engine using electromechanical actuators to provide pitch and yaw
control during the engine burn. The decision made prior to the PDR permitted
incorporation of necessary design changes and the development of a qualified
actuator without a delay to the program. Problems arising during actuator devel-
opment and subsequently in system integration did, however, cause delays in com-
pletion of qualification and reliability demonstration tests beyond initial
schedules. The TVC actuators were the last items of the guidance and control
hardware to receive qualification approval.

5.3.1 THRUST VECTOR SUBSYSTEM DESIGN EVOLUTION

The design concept selected for the thrust vector control loop was based on
booster control technology, except that aerodynamic forces were not present

in space. The initial transient conditions of engine thrusting direction rela-
tive to c.m. alignment were most important in sizing the actuator rate require-
ment for closed loop stability. The inability to predict c.m. location was

due primarily to uncertainty in knowledge of where the propellant was located
in the paired tanks during flight.

Two potential problems with c.m. shifts due to unequal propellant in the paired
propellant tanks were considered in the TVC subsystem design. The first problem
results from propellant flow imbelance during the velocity maneuver. Sumall
imbalances in tank pressures or in outlet pressure drop could result in one
propellant tank depleting before the other. Since it could not be proved that
the flow imbalance would not occur, matched orifices were installea in tank
outlet lines and were sized to be the predominant pressure drop in the propel-
lant feed system which assured that propellaut (both fuel and oxidizer) usage
from paired tanks would be nearly equal. The second prohlem was possible migra-
tion of propellant from one to the other between the paired tanks during the
long coast times between the engine burns. It could not be proved that migration
would not occur, so the TVC subsystem was designed to recover from the predicted
c.m. shifts due to this phenomenon.

Another problem which strongly influenced the TVC subsystem development was

the inability to precisely model the spacecraft dynamics or the actuator dyna-
mics while both were being designed and constructed. The  approach taken was

to keep the design as simple as possible while maintaining a conservative approach
of considering worst case situations for those parameters that could not initially
be definitely specified.

Early in the thrust vector design, an attitude trimming network was considered.

A simple block diagram of this network is shown in Figure 5.-4. The output of
this network was summed with the gyro position. Since the actuator must align
the thrust vector with the c.m. for a trimmed condition, a steady offset of the
thrust with the spacecraft centerline results. The trim netwerk had a long time
constant but would eventually cause the spacecraft centerline to move away from
the initial thrusting orientation so that the resultant thrust vector would align

7h
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itself with the nominal desired direction. This network was discarded because
it increased the system complexity and reduced reliability. Also, it reduced
over-all system stability margin for a given compensation design since this
feedback was positive.

5.3.2 SUBSYSTEM ANALYSIS AND SIMULATION

Thrust vector control subsystem analysis and analog computer studies were ini-
tiated early in the design phase of the program to define compcnent and system
performance requirements. Initial analyses and computer simulations prior to
the CDR were based on a simple structural model with varisble hinge stiffness
of each appendage. Later analysis refined the model to include flexible body
parameters as determined from structural dynamic model tests. Linear and non-
linear structural effects with propellant slosh were evaluated on the analog
simulation.

Even though damping effects of the propellant expulsion bladder was not included
(a conservatism assumption), slosh dynamics were found to be insignificant com-
pared to structural coupling associated with the solar panels and antenna booms.
Qualitative estimates of the slosh damping provided by the bladders was estimated
to be .2 to .3 by observing movies of those dynamic tests. It is also significant
that all of the propellant was located between the engine and the spacecraft center
of mass and divided among four tanks. This was an ideal arrangement from a slosh
stability standpoint.

During the design phase the analog simulation was used to determine compensation
requirements, system response, transient response, etc. Early in the design phase,
actuator characteristics (i.e., nonlinear effects) were simulated in detail to
determine effects on system performance. From the analog simulation, detailed
actuator requirements were generated so that overall system requirements and
stability could be met. Close coordination between the TVC subsystem analyst

and the actuator vendor was required during actuator development to keep the
analog simulation up to date and evaluate effects of actuator design changes on
system performance.

5.3.3 THRUST VECTOR ALIGNMENT

Compensation for known pre-launch, center of mass offsets was accomplished by
aligning the thrust vector with the known c.m. using a mechanical adjustment in
the actuator length prior to flight. During the adjustment the actuator was set
at its electrical null. This procedure would reduce pointing error required to
align the thrust vector through the c.m. Since the thrust vector was not aligned
with the spacecraft centerline after these adjustments, the attitude maneuvers
were adjusted to compensate for this known offset.

In order to reduce startup transients at each engine ignition, the actuator was
designed to be irreversible and the electrical power was switched off the actua-
tor between velocity maneuvers. During each velocity maneuver (if the maneuver
was of long enough duration) the actuator aligned the engine thrust vector through
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the center of mass. At the next velocity maneuver the engine would be trimmed
up with the c.m., providing there was no change, and the resulting transient

minimized. This technique increased the stability margin since the system sta-
bility was a function of initial conditions because of actuator nonlinearities.

5.3.4 COMPENSATION NETWORK SELECTICN

Structural design of the Lunar Crbiter solar panels, communication antennas and
the deployment mechanisms resulted in a significant amount of structural coupling
with the TVC subsystem. The structural frequency of the appendages was between

2. and 3.5 Hz and was primarily the result of the deployment and hinge mechanism.
The rigid body control frequency was between 0.4 and 0.6 Hz. Analysis also indi-
cated that the structural coupling was a maximum with frequency separation between
the appendages of about 20%. The structural coupling was accentuated by the engine
start up thrust exciting the appendage oscillations. Differential frequencies
between the appendages resulted in asymmetric (out of phase) oscillations which
were sensed by the gyro and fed into the thrust vector loop. Because of this
coupling, dual lead-lag compensation was employed to phase stabilize the struc-
tural frequencies. A high forward loop gain was required with the position actue-
tors to reduce system droop and meet system pointing accuracy requirements. As

a result of dual lead-lag and high forward loop gain, significant noise problems
were encountered during the design. Subsequently, changes in this compensation
were made to reduce the actuator command signal noise to a tolerable level by
adding a double lag filter to attenuate high frequencies. A reduction in forward
loop gain caused a slight increase in pointing error but this was acceptable based
on system analyses. Noise filtering was als. added to the actuator itself to
reduce the noise levels.

5.3.5 ACTUATOR

The gimbaled engine configuration with thrust vector control required an electro-
mechanical actuator to be developed for a hard vacuum environment. (Refer to
section 8.5 for a design review summary of the actuator). A position actuator
rather than a rate actuator was chosen for the TVC design because: (1) simpler
compensation in the forward loop was possible with a position actuator, (2) pre-
cision position feedback was easier to implement in the actuator, (3) a position
actuator eased the initial conditions for engine start up transients, (4) perfor-
mance of the subsystem was easier to monitor and (5) a position actuator simplified
the interface between Boeing and the subcontractor.

Approximately one month after the decision to use a gimbaled engine, the actuator
procurement specification was released. During this time period the structural
model was undefined and structural frequencies of 1.5 and 1.65 Hz were assumed
for the solar panels. The actuator frequency response limit was specified to be
greater than the expected structural frequency. The stroke limit was determined
by calculation of the maximum travel required by the actuator to align the thrust
with the center of mass and adding an additional 1.5 degrees of nozzle deflection

for control purposes. The additional 1.5 degrees was determined on an analog
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computer to give adequate control acceleration for system response. Rate limits
were set high to assure adequate dynamic stability margins with mistrim conditions
of two degrees and stroke limits of 2.5 degrees. Later these stroke limits were
increased to the final value of 2.8 degrees.

5.3.6 TEST

Subsequent to the decision to gimbal the engine for thrust vector control, stu-
dies were initiated on a definition of a test and design verification program
needed to demonstrate compatibility of the thrust vector control system when
coupled to the spacecraft dynamic model. Consideration was given to various
levels of hardware sophistication from an actual 6 degrees of freedom tethered
spacecraft flight in a vacuum chamber, as had been done on the Mariner spacecraft,
to a computer simulation which was believed to be & minimum possible level. Be-
cause of program timing, it was spparent that serious consideration could only

be given to doing the task at Boeing. A spacecraft level hot firing in a 19-foot
diameter vacuum chamber was proposed tc Program Management. A summary of signi-
ficant considerations generated at that time is included in Figure 5.-5. A Man-
agement decision was made nct to conduct a closed loop test of this magnitude.

It was felt that the test could not be justified in view of added cost when con-
sidering the inaccuracy of results. Principal limitations of the simulation were
caused by gas flow disturbances in the chamber and effects of the suspension on
the dynamics of the controlled spacecraft. The JPL conclusion derived from
Mariner experience was that such a test served to corroborate analysis techniques.
This provided added confidence in the decision. The program that finally evolved
was accomplished by a series of separate tests. The first of these tests was a
demonstration of actuator performance when installed in the development propulsion
module to gimbal the engine during an actual engine firing in a vacuum test chamber.
Acceptable actuater and gimbal performance in space environment was demonstrated
by a series of open loop tests conducted during a simulated mission engine firing
sequence. These tests included a frequency response of the actuator servo loop

to various amplitude input commands.

Final subsystem evaluation and design verification of the thrust vector control
subsystem was demonstrated during the closed loop test program. For this test,
actual thrust vector control hardware as shown in Figure 5.-6 was coupled to

an analog simulation of the inertial reference unit and the spacecraft dynamics.
Acceptable performance was demonstrated for all expected flight conditions except
for the following:

1. Actuator oscillaetion was experienced due to coupling between
the actuator and control electronics. This development problem
was corrected by modification to actuator electronics and adding
filtering to the TVC compensation network.

2. Gain margin was only 3.6 db for conservatively assumed struc-
tural damping of .0l. Actual damping was subsequently esta-
blished by test to be at least .03. Gain margin for this
condition exceeded the required value of 6.0 db.
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3. Command signal electrical noise caused actuator power to
exceed allowable values. In addition to the compensation
filtering, the actuator electronic switching deadband range
was increased to provide additional safety margin.

Closed loop test results verified that analog simulation of the actuator dynamics
was very good, and close correlation between results with analog and test actua-

tors were obtained.

5.3.7 MISSION PERFORMANCE

In the five Lunar Orbiter missions the velocity control subsystem was operated

a total of 29 times, 16 being in direct support of the primary photographic mis-
sion and the remaining 13 being conducted during the extenced mission. Although
the design operating life requirement for the Thrust Vector actuator was 18 days,
successful performance was demonstrated during engine firings as long as 338 days
after launch. Figure 5.-7 summarizes all velocity maneuvers., Figure 5.-8 sum-
marizes the operational experience.

Thrust vector control performance in terms of actuator position telemetry data
is shown in Figure 5.-9 for both actuators of typicul flight spacecraft. These
data show that equal propellant flow did occur during all the engine burns and
there was no migration during the static periods between engine firings.

Flight verification via telemetry of thrust vector short period dynamic response
and stability margins could not be made. Telemetry sampling rate (1 sample every
23.04 seconds) was too slow to assess the transient behavior of the system. The
only indication from flight data of thrust vector dynamics and stability were the
residual spacecraft rates following engine shutdown. For all the velocity man-
euvers, the residual spacecraft rates were very low, indicating good stability
of the thrust vector system.

5.4 CONCLUSIONS AND RECOMMENDATIONS

The major conclusions resulting from the study of this thrust vector control
system are as follows:

1. The subsystem was more than adequate for the task and all
flight results indicated excellent control and stability.

2. Dual lead lag compensation of a position signal leaves the
designer most susceptible to both electrical and mechanical
noise problems.

3. Structural appendages should have a frequency separation of
approximately 5 to 1 above the rigid body controlled frequency.
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FIGURE 5-8
OPERATING LIFE HISTORY - FLIGHT S/C
THRUST VECTOR CONTROL SYSTEM

OPERATING TIME VACUUM*
GROUND TEST FLIGHT TOTAL EXPOSURE
SPACECRAFT ACCUMULATED HOURS  SEC HOURS HOURS LIFE (DAYS

L.0. I - S/C No. 4

Act. S/N 14 237 730 2 237.2 15

Act. S/N 15 244, 730 = 244,.2 15
L.0. II - 8/C No. 5

S/N 16 207 752 .21 207.2 338

S/N 18 208 752 e 208.2 338
4 ( 2100 hrs.)

L.0. III - S/C No. 6

S/N 21 39 752 21 39.2 246
S/N 22 45 752 o2l 39.2 246

LoOo Iv - S/C No. 7

S/N 23 9 715 .2 9.2 35

S/N 24 9 715 .2 9.2 35
L.0. V - 3/C No. 3

S/N 17 25 720 .2 25.2 182

S/N 26 19 729 .2 19.2 182

¥ Prior to final operation
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Structural frequency separation between appendage: is a
critical parameter to the TVC subsystem. Design :pecifi-
cations should keep separation either very small ( < 10%)

or large (> 50%).

Use of an irreversible actuator to maintain the thrust vector
aligned with the c.m. during non-thrusting periods will reduce
startup transients and improve stability margin with actuator
nonlinearities.

Subsystem closed loop stability tests can be adequately demon-
strated by a hybrid simulation of spacecraft dynamics in a
computer and actual hardware.

Recommendations for "doing differently if one had it to do over" are:

l.

2.

Interfacing impedance and electrical noise requirements should
be specified to each component.

Requirements forc.m.offset should be critically scrutinized
and methods developed to support or invalidate claims such
as "propellant migration" between burns.

Other methods than requiring a completely irreversible actuator

should be considered for pre-aligning the engine to CM for
repeated burns.
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6.0 VELOCITY CONTROL SUBSYSTEM

The Velocity Control Subsystem (VCS) is one of four subsystems that constitute
the spacecraft G & C system. The relationship of the VCS to the total G & C
system is illustrated in Figure 6-1.

6.1 SUBSYSTEM DESCRIPTION

The VCS, illustrated in Figure 6-2, consisted of the following: (1) a pulse
integrating pendulous accelerometer (physically located in the inertial refer-
ence unit), (2) a velocity summer and magnitude comparator (part of the pro-
grammer,) and (3) switching assembly to operate the engine propellant valves.
The function performed by the VCS was control of the magnitude of the velocity
maneuver. The accelerometer measured the spacecraft longitudinal acceleration
and generated a series of pulses with each pulse equal to a velocity increment
of 0.1 ft/sec, which were summed by the flight programmer and compared to the
commanded velocity change. At the instant the "integrated" acceleration was
equal to the commanded velocity change the programmer issued a command to the
switching assembly which switched off the power to the engine solenoid valves
completing the velocity maneuver.

The 0.1 ft/sec per pulse scale factor was chosen to allow an accelerometer
saturation level of 0.6 g's with the 200 pulse per second repetition rate

which the accelerometer employed. The accelerometer had twec lines with a

pulse repetition rate of 100 pulses per second on each line at zero accelera-
tion. The AV was the difference in pulses between the two lines which required
an "up-down" counter in the flight programmer to feedthe programmer counter with
plus velocity pulses only. The programmer was designed to have the capacity

for a velocity maneuver of 3276.8 ft/sec (998.7 meters/sec) with the accelero-
meter scale factor of 0.1 ft/sec per pulse.

6.2 DESIGN REQUIREMENTS

The guidance concept dictated that the velocity magnitude be contrclled on

board the spacecraft in a closed loop manner based on measuring the velocity

change made good. A timed burn, for example, was not predicted to be accurate

enough. The two critical AV maneuvers were (1) lunar orbit injection and

(2) orbit change to final photo orbit perilune to an accuracy of t 55K

(out of 46 km nominal perilune altitude). The consequences of a gross error
in AV magnitude would have been a failure to achieve a useful orbit

or a crash of the spacecraft on the moon.

Several "state-of-the-art" integrating accelerometers used on missile programs
appeared to be easily able to meet the accuracy requirements. Since the thrust
to weight ratio of the Lunar Orbiter ranged from 1/9 to 1/5 "g", (an uncommonly
low "g" level) the scale factor needed to be sized for this particular appli-
cation.
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The strong desire to use an existing off-the-shelf accelerometer caused the
detail requirements for the VCS to be based on what could be obtained. The
approach was to perform an error analysis for the subsystem using the vendor
provided performance capabilities and to compare this witl the mission require-
ments. Final error analysis values obtained were 0.062 meters/second plus
0.0018 /.V for the lunar orbit injection. Tpe primary contributors to the
error in decreasing order were: 1) accelerometer, 2) programmer, 3) engine
tail off.

The initial null bias specification for accelerometer error was set at 100
micro-"g" which was the "quoted" capability of an off-the-shelf unit. As the
program progressed it became evident that the original requirement could not
be met within the scheduled time and allocated cost. The accelerometer error
specification was relaxed following an error analysis that showed that mission
requirements could be met with the larger accelerometer errors including a
null bias of 300 micro g's. This relaxed error specification was used in the
error analysis quoted above.

The programmer portion of the velocity control subsystem was designed to the
specific Lunar Orbiter requirements. The design specification of this unit
required a computation accuracy of ¥ 0.19 ft. per second for a 3000 ft. per
second velocity maneuver and a resolution of 0.1 ft. per second.

6.3 DEVELOPMENT AND OPERATION

In addition to the component level tests, a subsystem compatibility test was
performed as part of each spacecraft test sequence. The test was accomplished
by orienting the spacecraft to a known attitude in the 3 axis test stand with
respect to the acceleration due to Earth's gravitational Tield so as to be in
the operating range 1/9 to 1/5 g. This provided e precisely known value of
acceleration acting upon the accelerometer to simulate a velocity maneuver and
proved to be a very good end-to-end test.

A failure analysis showed that failure to shut-off the engine at the proper
time was the most criticael failure. This could have caused the spacecraft to
crash on the Moon's surface or to deplete the fuel supply prematurely. The
second most critical failure was not to ignite the engine at the proper time
for lunar orbit injection. To preclude such gross errors from occurring,
cperational procedures were devised and used on each engine burn. The pro-
cedure was to assure engine ignition by monitoring the telemetry link. Real
time commands via the DSIF could have been used if required. Also for each
engine burn a real time command was sent to terminate the burn at a time which
would be after the accelerometer had terminated it with normal operation, taking
into account all the tolerance and the delay between comm: .d transmission and
execution. This procedure was used to insure an engine cut off if any failure
occurred in the accelerometer or programmer magnitude compariscn circuitry.
With this technique it was also possible to perform a timed burn if a failure
in the system was discovered. During the 29 velocity maneuvers in five flights
the velocity control system operated normally and the backup command was never
needed.



DR-11k277-3

Although there was no direct way to measure the actual accuracy achieved for
each velocity change maneuver, all indications were that the accuracy require-
ments were met. As measured on-board the spacecraft and read back via telemetry
each delta velocity maneuver was within .1 ft/sec (one pulse) of the programmed
value. The minimum programmed AV was 5.4 meters/second (burn time of 3.0
seconds) on Mission I and was used to trim the photo orbit perilune altitude,
The maximum programmed /V was 829 meters/second, on Mission II (& burn time

of 611.6 seconds) for lunar orbit injection. In light of the total number of
maneuvers performed by the L.0O. velocity control system, the accuracy require-
ments could probably have been relaxed by planning additional engine burns if this
had been necessary.

Two midcourse corrections were planned for each mission; however, the accuracy
obtained with the first correction in each case was sufficient tc preclude a
requirement for a second correction. Additional information on accuracy can be
inferred from the data contained in section 7.0 which discusses the total guidance
concept.

6.4 CONCLUSIONS AND RECOMMENDATIONS

The VCS successfully used available off-the-shelf equipment. Of significant
importance was the use of error analysis evaluation instead of holding rigidly

to early specifications for the accelerometer. This approach is reccmmended

when it is necessary to impose the constraint of using off-the-shelf equipment.
Where possible it would be better to obtain mission error analysis results early
enough to develop specifications based on mission requirements rather than vendor
performance data. The capability to perform velocity maneuvers by ground command
was also a desirable asset. Although the back up capability was never required,
the capability was available which improved the flexibility of the system and
improved overall probability of mission success.
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PRECEDING PAGE CLANK .'\.'O'l" FILMED.

7.0 GUIDANCE CONCEPT DESCRIPTION

Lunar Orbiter guidance was accomplished by (1) determining the spacecraft
state from ground tracking and telemetry data, (2) calculating maneuvers to
control the trajectory and to o' tain photographic data, (3) transmitting to
the spacecraft the guidance commands required to execute these maneuvers, and
(4) determinins the new state from ground tracking and telemetry data to as-
certain that ccimands were properly executed.

7.1 Guidance Requirements :

Firm numbers for the guidance and control system hardware were not available
during the formative design phase of the Lunar Orbiter program. The hardware
development evolved along the lines of "do the best you can" within the state
of the art for this equipment. The reason for this approuch was that the end
result was photographic coverage of 1 meter or better resolutior of the lunar
surface and with both forward and side overlap of at least 5%. Resolution
was a function of many different variables. Given a noxrinal mission, the
resolution degradatior. effected by a change in one parameter at a time could
be determined. Although this gave a feel for the sensitivity of a change,
very few were truly independent. At the time of submittal of the proposal,
such a set of state-of-the art hardware parameters were postulated to yield

a system giving satisfactory end results. In the time period between coriract
go ahead and preliminary design review, the hardware specificatiors were
written based on the proposal numbers generated earlier and further analyses
allocating errors to individual components where necessary.

Some tolerances were set in an arbitrary manner because they could be achieved
with little added cost.

Late in the program, just before the first flight, a comprehensive error
analysis was made. Several components could not meet their specifications,
for example the IRU drift rate or LO I was 1°/hr. The requirement was waived
on the basis of this analysis because the impact was extremely small and
could be made up in altered operational procedures.

Tl Spacecraft State

A knowledge of the spacecraft state is required prior to *he calculation of
the guidance maneuvers. The spacecraft state is defined by position, velocity
and attitude and is determined frox ground tracking and telemetry data.

The position and velocity of the spacecraft were determined by tracking the
spacecraft transponder radio frequency signals using the deep space tracking
network. The doppler tracking data was processed and used by an orbit de-
termination computer program to generate a spacecraft state vector. Basically,
the problem was to determine the trajectory which best fit the tracking data
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over a given data arc. The output of this program was the spacecraft state
vector; the three cowporents of positior and the three components of velocity
at a given time. A more coiplete discussion of the orbit determination
problem is beyond the scope of this report.

The attitude of the spacecraft was defined relative to the Sun and Canogpus.
Maneuvers away from the celestial references wewe in the gyro cooirdinate system.
Each spacecraft was measured for alignment of the Sun sensor, Canopus tracker,
inertial reference unit, camera optical axis, high gain antenna, and center

of mass. All of this data was used to generate the desired precise maneuver
commands. When gyro drift was a factor because of the time off celestial
references, it was also taken into account.
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y - Calculation of Spucecraft Maneuvers

When the spacecraft state was known, the required mineuvers were calculated
to provide for the accomplishment «f the mission objectives. Theue maneuvers
were velocity control maneuvers regquired to change the trajectory and photo-
graphic maneuvers required to obtain the desired photographic coverage.
Attitude maneuvers were also required for subsystem operation such as for
thermal control and for star maps but are not discussed here becuuse they
were not guidance maneuvers.

7.3.1 Velocity Control Maneuvers

Velocity control maneuvers were required at midcourse, at orbit insertion,
and in orbit for orbit adjustments. These maneuvers were calculated using
Flight Operations Orbit Determination software at the Space Flight Operations
Facility and were also calculated independently at the Seattle Operations
Center using mission design software. The calculation of the maneuvers con-
sisted of the determination of the time of the maneuver and the magnitude
and direction of the corrective velocity vector. (Maneuver angles were then
calculated to rotate the thrust axis from the celestial reference to the
required orientation.) These velocity control maneuvers were calculated

in accordance with mission control criteria which were defined by pre-flight
mission design. These criteria defined the desired end conditions and allow-
able control tolerances on each parameter. A typical set of these desired end
conditions and tolerances is contained in Figure 7.-1,

The Flight Operations software was designed to provide for real time trajectory
design. That is, a maneuver was calculated to satisfy some mission objective,
rather than to correct the trajectory back to some pre-missicn nominal., For
example, in the calculation of the first midcourse maneuver, neither the
lunar arrival conditions nor the initial orbit conditions were specified.
Rather, the conditions over some photo site in the final orbit were specified
and the post-midcourse trajectory was designed to satisfy these conditions.

In forwarding the state vector from lunar arrival to the photo site, the
Flight Operations software used for designing the maneuver was limited to the
use of a relatively simple lunar gravitational mcdel. As a result, some
inaccuracies were incurred in the calculation of the initial orbit conditions
which were used for design of the midcourse maneuver.

A measure of the overall guidance accuracy is given inFig.T-2. The trajectory
parameters actually achieved following a maneuver are compared with the desired
values of the parameters established prior to launch. The differences between
the desired and the actual values ar«< the errors in the overall guidance

concept. These errors are due to (1) errors in knowledge of state (orbit deter-
mination errors and attitude errors), (2) errors in forwarding the state (due
primarily to the uncertainty in the lunar gravitational mcdel), (3) off nominal
conditions due to previous maneuver «rrors, (4) errors in calculating the
maneuver, and (5) maneuver execution errors. The significance of this data

is that it shows how well the guidanc:e concept worked. There were ndditional
velocity maneuvers made as noted during each mission, but they were not defined
prior to flight, therefore no comparison can be made. These maneuve:rs were for
additional orbit trims, orbit phasiny’ maneuvers to reduce the effects of lunar
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eclipses, and maneuvers made to cr:sh the spacecraft,

The procedures used for the differcnt velocity control maneuvers will be dis-
cussed separately.

Midcourse Maneuvers

Midcourse maneuvers were required for two reasons; first to correct trajectory
errors resulting from launch vehicle cut-off errors and second to retarget

the trajectory to the required lunar arrival conditions for the specific
mission objectives. Generally, the launch vehicle targeting commenced before
the photographic objectives, and hence the lunar arrival conditions, were
defined. Therefore, it was necessary to target the launch vehicle to a pre=-
liminary aiming point. In the case of Lunar Orviter IV, the launch vehicle was
targeted for an orbit inclination of 21 degrees, while the final mission design
was for an orbit inclination of 85 degrees.

With the state vector known at some reference time and the desired end conditions
specified (in this case conditions at some time after inserticn into lunar
orbit), there was one specific maneuver for a given maneuver time and lunar
arrival time, This is true because in forwarding the state vectors into lunar
orbit, the minimum AV orbit iusertion maneuver (impulsive) was used. The
decision which had to be made then was when to make the maneuver and what
srrival time to use. Generally, the maneuver was made 2s late as possible
while staying within the AV budget but not later than 50 hours ber'ore lunar
arrival to allow time for a possible second midcourse maneuver. The later the
maneuver was made, the lower the arrival dispersicns but also the higher the
maneuver AV. The /\V budget was defined as follows:

AV budget = AV available (nominal) - V required for later
maneuvers (nominal) - V tolerances

The /\V tolerances included allowances for engine performance (I ), fuel
loading, and trajectory errors. ”p

The arrival time was selected to minimize V (midcourse plus orbit insertion)
while observing a constraint to provide for viewing by two tracking stations
at lunar arrival.

No second midcourse maneuver was necessary on any of the missions as it was
always possible to obtain an orbit within the specified limits.

Lunar Orbit Insertion

At the time the decision was made that there would not be a second midcours:
maneuver, it had been determined that a satisfactory orbit could be obtained;
that is, one which was within the limits defined in the mission control criteria.
Normally, the nominal design orbit could not be obtained because the approach
trajectory was not exactly nominal. In the calculation of the orbit insertion
maneuver, the criteria was to obtain the "best" orbit. The control criteria
which were specified the nominal values and acceptable limits on each of the
orbit parameters, and also the order of priority of each of the parameters. The
problem then was to compute a maneuver which would result in an orbit with the
highest priority parameters at their nominal values whilec keeping a1l the para-
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meters within their specified limit.:,

The procedure used by Flight Operations at the SFOF is described as follows.
A "desired" orbit was determined by assuming an impulsive maneuver. This was
done by allowing one of the orbit pirameters to change to satisfy the impulsive
maneuver's constraint of ellipse-hyperbola intersection., Generally, the para-
meter of lowest priority was allowed to vary and 2 solution was obtained with
the other four parameters at their nominal value. If the value of the variable
was outside the allowable limits, additional solutions were searched for with
other parameters as the variable. This procedure was continued until a satis-
factory solution was obtained. The 2V was also required to be within the
AV budget, which was determined in a manner similar to that for midcourse.

Once the "desired" orbit was defined, a finite burn orbit insertion maneuver
was calculated to obtain an orbit as close to the "desired" orbit as possible.
In this calculation the four maneuver parameters (ignition time, burn time, and
two attitude rotations) were used as variables to search on "desired" values for
four of the five parameters of the orbit. The fifth parameter never differed
significantly fro « "desired" value, so there was no problem in satisfying
the control criteria.

There were two limitations of the Flight Operations software that became evident
during the Lunar Orbiter program. First, some of the orbit parameters whic

were used in the software were not the same as those specified in the control
criteria document. (The software was designed long before any control criteria
were conceived). The target conditions used in the program for calculating the
insertion maneuvers were given as perilune latitude and perilune longitude. The
control criteria specified values and tclerances for node longitude and argument
of perilune. The reason that these parameters were specified in the control
criteria is that node longitude was a very critical parameter in that it reflected
directly to illumination of the photo sites. On the other hand, argument of
perilune could have relatively loose tolerances as it had only a small effect on
photographic altitude. As a result, argument of perilune generally had a large
tolerance and was also of the lowest priority in the control criteria. But becsause
of the characteristics of the Flight Operations program, this parameter could not
conveniently be treated as the free variable in the calculation of the orbit
insertion maneuver.

The second limitatioun was that the Flight Operations software required an impulsive
solution before a finite burn solution could be obtained. This meant that in the
finite burn solution the target conditions were those of the "desired" orbit

which was constrained to intersect the approach hyperbola; therefore, it differed
from the nominal design orbit. Had the finite burn calculation been targeted to
the nominsl design orbit, the resulting orbit would have been closer to nominal.

In the calculation of the orbit insertion maneuver for Lunar Orbiter II, the
initial Flight Operations solution resulted in a perilune altitude which was about
50 km off nominal, while argument of perilune was essentially nominal. Although
this was a satisfactory solution in that all the parametcrs were within their
allowable limits, it was highly desirnble to get perilunc altitude closer to
nominal while allowing argument of perilune to vary from nominal. (Argument o
perilune was »f lower priority in the control criteria). The backup calculation

obtained at the Seattle Cperations Center provided a more ,atlsfabt<x solution.

REPRODUCIBILITY OF THE ORIGlNAL PAGE 1S POOR.
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By performing a finite burn search :nd allowing argument of perilunc to be the

free variable, a solution was obtained with perilunc altitude near nominal
and argument of perilune within it: allowable limitus. These resultls were then
used by Flight Operaticns in their ('inal calculation of the maneuver,

Orbit Adjustment

Orbit adjustment maneuvers were generally included in the mission design to
lower perilune altitude to that required for photography. At this time adjust-
ments were also made to correct certain orbit errors. Again control criteria
had been specified and the maneuver was calculated to get as many of the orbit
parameters at their nominal value as possible while remaining within a AV
budget. (Although this was usually the last planned maneuver for the photo-
graphic mission, a AV capability to crash the orbiter was retained.) There
were no significant problems on any of the missions in obtaining satisfactory
solutions.

7.3.2 Photographic Maneuvers

Attitude maneuvers were calculated to provide for photographic coverage of the
designated areas. The problem consisted of two parts: 1) the determination of
time when the spacecraft would be at the correct position relative to the photo
site (this information was derived from the orbit determination results), and

2) the determination of the 2- or 3- axis maneuver which would orient the space-
craft for the required photographic frame coverage. A special flight operations
goftware computer program was available to generate the attitude commands necess-
ary. A complete discussion of these maneuver calculations is beyond the scope

of this report.

The overall accuracy of the photographic maneuver guidance is indicated in Fig.
7.-3, where the error in the camera axis intercept is shown in terms of its
down-track and cross-track components for several of the photo sites from four
of the five missions. This error is due to (1) error in knowledge of state
(orbit determination error and attitude error), (2) error in forwarding the
state (due primarily tc “he uncertainty in the lunar gravitational model),

(3) error in calculating the maneuver, and (4) maneuver execution error. Only
the down-track component is shown for Lunar Orbiters I and II since vertical
photography was designated on these missions. For the other missions, both the
down-track and cross-track increments are shown as errors because it was intended
to aim the camera directly at the photo site on these missions. ‘

The accuracy indicated in fig, 7-3 should not be confused with the accuracy

in knowledge of photo site location (selenographic location of a specific lunar
feature). This subject is covered in Section 7.5.
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FIGURE 7.-3

PHOTOGRAPHIC IOCATION ACCURACIES
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7.4 Cuidance Commands

wWhen the maneuvers were calculated and epproved by the Space Flight Operae
tious Director, the guidance commands were transmitted to the spacecraft to
perform these maneuvers. The comands ware first coded and transmitted up
to the spacecraft, re-transmitted down from the spacecraft, verified, and
then the command-execute signal was transmitted to the spacecraft.

The discipline of the command system which was developed at the Spaceflight
Operations Facility was as essential a part of the Lunar Orbiter guldance
and control system as the hardware. It was this rigld system of pre-mission
planning, control of software, flight path analysis and command computa-
tional routines, subsystem performance monitoring and analvsis, command

generation and transmission routines for both realtime and storcd program com

mands, and tight overall management by the Space Flight Operations Director's
staff that ensured minimum error. The system allowed flexible resal time
modification to mission plans and provided extensive review and cross
checking.

Planning and development for flight operations took about 2 years. The
operational software; i.e., the computer programs to be used for orbit
determination, command g2neration, stored program formulation and trans-
mission, star identification, telemetry data handling, etc., were checked
out by formal testing and were not allowed to be changed after certifica-
tion except for very grave reasons.

Specific procedures were worked out for preparation, approval, communica-
tion, and verification of both real time and stored program conmcnds to the
spacecraft via the DSIF station. These procedures were verified during
operations team training which occurred over the six months prior to the
first flight.

Prior to each mission the command programmer analysts assembled (from
several sources):

a) A simplified timeline sequence which included DSIF rise and set, sun
rise and set, photc site times, and stored program transmission times.

b) A photography budget plan which included frame number assignments for
photo sites, film processing time allocation, and photograph readout

time allocations.

¢) A core map plan based on items (&) and (b) which showed what would be
included in each stored program transmitted to the flight programmers.

During the mission a planned sequence of events was issued about once & day
by mission control (SFOD's staff). This was a computer generated 2 or 3
day schedule of activities which included ephemeris and photography events
noted above, preliminary and final command conferences for reviewing pro-
posed stored programs, special events such as RIC camera adjustmeants, atti-
tude control updating, Canopus tracker cycling, command activity features
such as the time FPAC must complete and submit for review their maneuver
data, and the transmission time for each stored program.
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The Flight Path Analysis and Control (FPAC) group performed orbit determi-
nation calculations us in71r1~511~ data, computed 2 axis attitude maneuvers,
finite burn duration, and igniticn time for velocity maneuvers, computed 3
axis attitude maneuver magnitude end camera actuation times, computed data
such as cone and clock angles which were used b7 SPAC for pencrating antenns
pointing commands. The Subsysiem Performance .aalysis and Command (SPAC)
group providcd attitude control meds switching requirements, update maneuver
requirements, antenna pointing end communication subsystem switching require-
ments, etc. These were reviewed al a preliminary command conference then
used by the command programmer analyst to generate a specific core map.

The Command Generation Program (COGL) was used to convert this core map
into a commend assembly and store it in the SFOF for automatic transmission
to the spacecraft. The ceommand assembly, which wis a listing of the come
mand words for the core map in spaczcraft computer lwnPUﬁga, vas printed

out and used to check the telemetry readout of commands as they were transe
mitted. These commands were aslso punched on paper tap2 and read into an
engineering test model of the spaczcraft conputer where they were indepene
dently checked. The engineering test model then ran at real time duplicating
the spacecraft functions which halped to verify %the spacacraft computer.

COGL &also printed out a time ta gﬂd sequance which resulted from simulating
the stored program and any rcal time commands that were incliuded. The pro-
gram recognized and indicated in the printout errors such as ianvalid com-
mand combinations and errors in cowmmands.

-
R

The COGL printout was taken to the finel command conference where it was
reviewed by SFOD staff, representatives from SPAC, FPAC, and NASA mission
advisors. Once approved, the cormands were transmitted to the spacecraft.

The handling and check*nb of real time commends was also very formalized.
Requirements for RTC's were usually generated by & subsystems analyst for
housekeeping purposes such as antenna adjustments or attitude update
maneuvers. Frequently they were usaed to make last minute changes to stored
program manzuver magnitudes. Zach RIC was written in spacecraft computer
language by a command programmer enalyst. It was checked by the SPAC
director and approved for transmission by the SFOD. After approval it was
read to the DSIF over voice link. After the commund was set into the
transmission equipment at the DSIF and before it was executed, it was read
back by voice for verification. After verification it was executed.

The significant thing about this elaborste system was that no real time or
stored program command was evar sent without extensive checking. Before

an error could pass through, it would have to be indcpendently approved
several times. During the five Lunar Orbiter flights less than 10 incorrect
commands were transmitted and executed. Zxamples of the kind of errors
which did occur were:

a) An incorrect maneuver magnitude was transmitted.
b) A mistake was made in one extended mission program in which an RTC

rather than an SPC code was plac2d on a stored program sequence.
This resulted in the spacecraft trying to otey approximately 15
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mansuver cormands. This eventually ceaused loss of power, tumbling,
and temporary dropout of the programmer. Fortunately, "random
recovery" occurred.

¢) A core map was transmitted which failed to interface properly with
the current corz map. The result wos missing a maneuver and improper
incrementing of & maneuver wmagnitude. XA Guick thinkin: command pro-
grammer analyst was able to generate a sequence of RTC's which re-
turned to the proper program sequence.

d) After a series of experiments during extend:d mission, the spacecraft
was erronzously left at ea "offe-sun” attitude with the spacecraft
drifting away rather than toward the sun. This caused loss of power
and tumbling. Here again "random recovery" occurred but with a serious
loss of nitrogen gas.

e) An emergency RTC was set into the "command drawer" at the DSIF during
& mareuver for execution immediately after the planned maneuver. The
comnand was executed too early and interrupt~d the maneuver angle re-
sulting in too small a maneuver angle.

T.5 Photo Site Accuracy Analysis

A post flight data analysis has been conducted under Contract NAS 1-7954 to
determine the accuracy in the knowledge of the locations of the photographs
taken during the five missions. It was determined that the best accuracy
in knowledge of site location was one km. The principal cause of these
location errors was due to orbit determination errors, and the secondary
cause was duz2 to attitude control errors.

Orbit determination errors could have been reduced with a better modeling
of the universs. This applies particulerly to the lunar gravitational
potential model. A gravitational series expansicn abocut the surface rather
than ghout infinity might prove helpful.

Attitude control errors could have been reduced with a tighter operational
control of attitude. Long periods of opesration on gyro references rather
than on celestial references resulted in significant body axds drift.

A calibration procedure which includ=d & direct measurement of the geometry
of the camers's field of view while installed in the spacz2crafi would have
simplified the post flight data analysis. Although the camera optical axis
was measured as installed on the spacecraft by & mirror attached to the
center of the camera lens, this did not define the actual alignment or loca-
tion of the photo frame mask. For example, the coruner locations of the
photo frames could be obtained only by analysis of the drawings and assembly
dimensional tolerances.

7.6 Conclusions and Recommendations

The conclusions from this study of the Lunar Orbiter guidance concept ere:
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8.0 COMPONENTS

A component level review of the guidance and control system was made. In-
cluded were the major hardware items as follows:

1. Inertial reference unit
2, Sun sensors
3e Canopus star tracker

4, Flight electronics control assemdbly-programmer, switching assemdly,
and closed loop electronics

5 Thrust vector control actuator

Since each of these components functioned as a part of one or more of the
subsystems, the discussion which follows emphasizes the component aspects
not covered previously. It is convenient to divide the discussion of the
flight electreonics control assembly into two sections: one covering the
programmer functiocns including the switching assembly; and the other
covering the closed loop electronics.

ol INERTTAL REFERENCE 'MNIT

The inertial reference unit (IRU) was an integral part of the attitude con-
trol, thrust vector control, and the velocity control subsystems described
in Sections 3.0, 5.0, and 6.0 respectively. It was mounted on the space-
craft equipment mounting deck and aligned to the spacecraft control axes.

8.1.1 IRU DEZSCRIPTION

The Inertial Reference Unit (IRU) for the Lunar Orbiter spacecraft was a
package containing three strapped-down gyros for attitude measurement, an
accelerometer for thrust cuteff, and their associated electronics (see

Figure 8-1). The gyros were single-degree-of-freedom, floated, rate-inte-
grating units which provided angular rate or position error signals in

three primary orthogonal body axes. The accelerometer was a pulsed inte-
grating pendulous unit which provided integrated acceleration information
for the spacecraft along the roll axis. The IRU provided raie information
for celestial refersnce acquisition, maneuver measurement, and celestial
reference limit cycle. The IRU provided position error information during
operation at maneuvered angles; e.g., a photo sequenie, velocity maneuver,
thermal relief or during celestial reference occulta*ions. During velocity
maneuvers the IRU also provided a signal proportional t¢ the lincer accelera-
tion cof the spacecraft to provide an accurate measure of velocity change
during engine thrusting. Among the design criteria for the unit, reliability
receivad top consideration.

Parts and components were selected that had been proven in earlier space or
missile applications. The SYG-1000 gyro, used on an Alr Force satellite
built by General Electric, and the pulsed integrating pendulum accelerometer

THE ORIGINAL PAGE IS POOR.
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INERTIAL REFERENCE UNIT

Figure 8-1:
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(16PIP) are examples. The 16 PIP was rated for manned spaceflight by NASA
for the Apollo program. The minority of perts for which no experience
existed were individunlly qualified spacifically for the IRU. MNaterials
and processes, too, were individually screesned for reliability in the de-
sign. The next criterion was low weight and power. This led to the beryl-
lium frame, extremely compact electronics packaging, and the design of a
number of low-power circuits.

8.1.2 DESIGN REQUIREMENTS

The attitude, reaction, thrust vecter, and velocity control subsystems set
the requirements for the functional operating modes of the IRU. These are

summarized as follows:

1) Rate Mode - provide an electrical signal proportional to the spacecraft
angular rate about the three orthogonal spacecraft axes.

2) Rate Integrate Mode - provide an electrical signal propertional to the
spacecraft angular displacement about the three orthogonal spacecraft
axes.

3) Velocity Mode - provide an electrical signal proportional to the linear
acceleration of the spacecraft along the spacecraft roll axis.

The specific IRU performance requirements for these modes of operation are
listed in Fig. 3-2.

8.1.3 DEVELOPMENT & OPERATION

Floated rate integrating gyroscope and integrating accelerometers capable
of meeting the performance requirements for Lunar Orbiter were within the
state-of-the-art at the time of the proposal. However, there was no "on-
the-shelf" package which contained the three gyros, accelerometer; and
electronics within the desired weight and power limitations. Initially the
weight objective was 9.1 lbs; the power was 22 watts. Both were approxi-
mately half of what was available from existing equipment. (The actual
weight turned out to be 13.4 1lbs and the upper limit on pewer was 30 watts

with heaters on.)

It was necessary to request proposals from inertial instrument vendors for
an IRU tailored to these requiremsnts. There were five vendor replies to

the Inertial Referance Unit request for proposal. Those responding were
Kearfott, Minnespolis-Honeywell, Nortronics, Reeves, and Sperry. BEach in-
put was evaluated on the basis of performance characteristics, predicted
reliasbility, elactrical power, mechanical charecteristics, quality assurance,
and cost. The Sperry Gyroscope Company of Great Neck, lNew York, was selected
to build the IRU even though there was no Beoaing experience with the SYG-1000
gyro. Their proposal satisfied the design objectives requested and their
cost was lower. Conservative, proven design techniques were proposed to be
used. The difficulties later encountered with manufacturing yield in the
instruments were not anticipated. Boeing's research, development, labora-
tory, and test work on attitude control systems prior to the time of the
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Lunar Orbiter proposal providad & strong englneering preference for the
Kearfott Alpha gyro. The JPL Mariner experience with the Kearfott gyros
had been satisfactory. The confidence gained {rom these esperiences was
put to good use later in the progreou.

8.1.3.1 Major Design Events

A preliminary design review was held in Septembar, 1964, Significant
findings of the PDR meetings included the following items conmitted for
further action: él) IRU parts list and qualification status, (2) thermal
tolerance study, (3) IRU mounting interface thermal and alingnent considera-
tions, (4) reliebility analysis at the module level, (5) interpretation of
soldering requirements, (6) primary power source impedance, (7) accelero-
meter and gyro traceability requirements, and (8) review of test plans.

A critical design review was h2ld in Deocember of 1964. During these
mectings it was brought out that design changes had been made to the SYG
1000 gyro and to the 16 PIP accelerometer. The changes were as follows:

SYG 1000 Gyro

Internal Changes

0 Flvid changed due to change in operating temperature

0 Fluid change resulted in a change in the internal balance
welghts which increased the g sensitive adjustment resolution
to + 1°/hour.

0 Change in limit stops added a pin

External Changes

o Larger flange diameter
0 Changed heater winding
o ‘Changed nameplate

16 PIP Accelerometer

0 Enlarged volume compensator
0 Secondary seal All internal changes
0 One temperature probe remcval

As a result of these changes, Sperry was directed to supply a list of &ll
drawings, engineering bulletins, and test specifications, designating letest
revision letters and differences between the past and the Lunar Orbiter ver-
sion of gyro and accelerometer. Also, because of the gyro fluid change, a
description of the controls for the acceptable contamination level of the
gro fluid was required.
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The cother major item evolving from the Critical Design Review required
Sperry to submit a deviation request for non-conplience of the gyro, accel-
eromater and JRU electronics to the 20C-Y specification on soldering tech-
niques.

Assembly and test of the first Inertial Reference Unit built to the flight
hardware drawings began at Sperry early in 1965, The first serious out-of-
specification condition occurred on the engineering prototype unit while it
was undergoing Flight Acceptance Test (FAT) at Sperry. The unit showed
large changes in its "Rate Integrate Mode" scale factor. A series of ilnves-
tigative tests were performed on the breadboard IRU at Boeing in order to
determine an explanaticn for the changes. The breadboard gyro "RIM" scale
factor was found to be sensitive to thermal environment even though the
gyro temperature control circuit was functioning as designed. This sensi-
tivity was attributed to changes in the internal gyro temperature distribu-
tion, in response to environmental changes, which caused gimbal gain changes.
It was predicted that a significant change in RIM scale factor would occu:
during the thermal-vacuum portions of IRU FAT.

By August 1965, a pattern had been established which indicated that a signi-
ficant problem existed in the performance of the gyros used in the Inertial
Reference Unit. At that time, the IRU's had failed to meetl performance re-
quirements in g-insensitive drift rate, g-sensitive drift rate, noise, rate
mode scale factor, and rate integrate mode scale ractor. The gyros had
exhibited bad pivots, excessive noise, high mass unbalance, high g-insensi-
tive drift rates, heater loop oscillations, and excessive contamination of
damping fluid. Null shifts and gain changes were also occurring within the
16 PIP accelerometer and its associated electronics.

A series of Boeing-Sperry meetings were held to resolve the performance
problems. While action was being taken to solve the problems of the "main-
stream" IRU program, Boeing also began to consider a "backup" IRU program
in which Sperry SYG 1000 gyros would be replaced by Kearfott Alpha 2564
gyros. Technical Jjustification for considering this action was as follows:

1. The Sperry SYG-1000 and Kearfott Alpha 2564 gyrc both derived their
salient design characteristics from a G.E. specification relating to
an Air Force spacecraft program, for which Sperry had delivered
155 units, and Kearfott, at the time of backup IRU gyro selection,
had delivered 105 units. The Kearfott gyro therefore was similar to
the SYG 1000, and could be incorporated in the L.0. IRU with only a
change in thermal insulating washer and a change in envelope emissivity.

2. The Kearfott Alpha 2564 had an outstanding record of 95 perceat yield
on the above-mentioned G.E. program.

3. The Kearfott Alpha 2564 gyro had 2.2 times the angular momentun com-
pared to competitive instruments in its weight, power and size class,
and was therefore fundamentally less sensitive to procduction imperfec-
tions affecting major performance parameters (drift, stability).
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4, Use of the Alpha 2564 gyro would result in a total power saviug pre-
dicted to be 4 1/2 watts in the backup IRU, due to & smeller spin
motor power consumption and higher floatation temperature.

In December 1965, Boeing recommended & backup IRU with substitute gyroscopes
for the first flight spacecraft. The budgetary commitment was limited
pending verification of compatibility of substitute gyrcs and/or continued
loss of confidence in the SYG 1000 gyros. In March 1966, NASA directed
Boeing to go ahead with the backup program. This program was implemented
by diverting three (3) Inertial Reference Units from the mainstream SYG
1000 gyro progrem to tne backup program. These units were to be modified
by Sperry to incorporate the Kearfoit gyro and replace the 16 PIP accelero-
meter with the accelerometer designed by Sperry for the Polaris program.

During this seme period of time (January 1966 - June 1966) solutions were
being found to many of the mainstream IRU problems. Test procedures were
being revised and test procedure tolerances widened as a result of specifi-
cation requirements being relaxed.

A summary of problems and solutions associated with the SYG 1000 gyro is
given in Figure 8-3, the 16 PIP accelerometer is Figure 8-4, and the IRU
Electronlcs in Figure 8-5.

As the backup IRU program reached productioci, uniis were found te suffer
from the same heater loop oscillation at critical operation conditions as
the mainstream IRU's. However, the backup IFU's showed a larger, end unac-
ceptable, coupling to the gyro rate mode output signal (pick-off excitation
was at 4.8 KHz). To eliminate these oscillations, the heater modulation
frequency wes changed from 2.4 KHz to 9.6 KHz.

Feilure of a'Polaris" accelerometer in a backup IRU and one in component
test resulted in a recommendation from Sperry that this accelerometer model
not be cooled below TS°F when inoperative. This limitation disqualified
the "Polaris" type PIP from the Lunar Orbiter program due to a conflicting
temperature constraint of the camera system which governed spacecraft tem-
perature during handling operations prior to launch. Tae backup IRU pro-
gram therefore reverted to using a 16 PIP accelerometer.

8.1.3.2 Testing

An extensive test program was initiated that encompassed all levels of test.
The forzal portion of the test program included: (1) Flight Acceptance
Tests, (2) a Qualification Test, (3) & Reliability Demonstration Test, and
(h) an Incoming Acceptance Test. In addition to this formal test program
there were gyro life tests, breadboard tests, air bearing simulator tests,
and special post-mission tests. These tests and some of the significant
results are presented in the following paragraphs.

A single axis breadboard IRU was msde available to Boeing for test in late
August 1964. It was evaluated in component and subsystem level engineering
tests. Because of the question of life, a gyro life test program and a
floet life demonstration test was started by Sperry prior to the CDR in
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December 1964, The float life demonstration tests continued throughout
the Lunar Orbiter program. During this same time period, Sperry built a
three axis IRU breadboard for use as an engineering evaluation tool and
for 3 axis development tests. Sperry conducted tests on the 3 axis IRU
breadboard during the period 31 October through 19 November 1964, Test
resul.ts and procedures were presented at the CDR in an effort to demon-
strate that the IRU design would meet the specification requirements for
rate mode eand rate Integrate mode. A 200 hour Boeing test program on the
Single channel IRU breadbvoard indicated that the Unit would not meet all
of the performance requirements. Later tests of the 3 axis breadboar? at
Boeing showed that the unit performed within specifications and large
improvements in the electronics over the single axis breadboard were .oted.
IRU output noise and gyro heater oscillations appeared to remain as problem
areas.

The 3 axis breadboard IRU was next used on a 3 axis air bearing platform
simulation in conjunction with development testing of the Lunar Orbiter
attitude control subsystem. The air bearing platform simulator (shown in
Figure 8-6) contained all of the ACS hardware, including sea level thrusters,
was mounted on & "friction-free" platform which simulated the vehicle
inertias in pitch, yaw, and roll. These tests are discussed in more detail
in Section 3.0.

The average time required by Sperry to perform a flight acceptance test on
an IRU was originally 474 hours. After Boeing and Sperry teams revised
these procedures, this figure was reduced 30 percent to an average time of
329 hours per unit. Many of the tests, such as tbhe RIM Bias Drift Test,
simulated the actual use of the IRU, while others, such as the tumble tests
and 1ow speed rundown time tests, were not strictly performance tests bu*
provided confidence in the life and quality of the IRU.

A summary of problems occurring during component vibration qualification
testing end actions taken to obtain ar acceptable design are discussed in

the following. When the inertial reference unit was subjected to the quali-
fication vibration levels initially called out in the Environmental Criteria
Document for all spacecraft equipment, high internal resonances were ob-
served. Parts most a’fected were gyros, accelerometer, and electronic cards.
Electronic parts also broke. Redesign included stiffening the circuit cards,
cementing parts in place, and providing flexible leads where necessary. The
beryllium frame could not be materially altered in the required time schedule
to improve the accelerometer and gyro environment. I[etesting repeatedly in-
dicated that the IRU design would have great difficulty in passing the re-
quired 15 g sine vibration levels. Iecause of the evidence that these arbi-
trary vibration levels would not exist in the spacecraft environment, special
tests were conducted of a dynamic model of a spacecraft with an instrumented
IRU mounted on the equipment mounting deck. The vibration envelope input to
the spacecraft was tailored tc what the modified IRU could safely pass.

These tests demonstrated that the actual magnification factors on vibtration

environment for the IRU as mounted on the spacecraft equipment mounting
deck were less than originally estimated and specified. Therefore, the
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Figure 8-6:  ATTITUDE CONTROL SUBSYSTEM
Airbearing Simulator
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finsl vibration levaels used for siae wave and random vibratioa tasis were
raduced as shown in Flguraes 0-7 and 8«3 raspzctivaly. In addition it should

po
pe noted that flight data record:d even lower levals of x:er:r‘t'o;.

Qualification Tests were conducted to determine thni the design und fabrica-
tion procaduras on IRU's were adaquate to 21) >ct2d variation in
individual articles and environmanis, and that these varlations did aot com-
promise the requirved performence. Further objectives wers2 to locate possidle
failure modzs, and determine the affecls of varied stress levels and combi-
nations of tolerances on equipmant performancsz.
Reliahility Demonstralion Tasts were conductzd in order Lo demonstrats wo-
mission caspability by subjecting thes system to the vibration and thermal
environmental coniiti ns and excit;tiox voltage fluctations expzacted during
a launch and mission in two eycles with parformance tests batween cycles.
The period of zach of the two mission simalations was in excess of 30 days,
the expzcted time for the primary mission.

Boeing conducted Incoming Acceptance Tests (IAT) on ell merustream "flight
quality" IRU's prior to instzllation on a spacecrafi. Flight Acceptance
Tests, Qualification Tests and Reliability Demonstration Tesis were con-
ducted by Boeing cn 8ll "backup"” IRU's according to the sam2 requirements
and procedures used by Sperry for the mainstream IRU's except that the RDT
time periods were xciuch to result in two 15 day simulated missiocas.

Figure 8-9 shows the failure rate (failure density, @, in feilures par

hour) as a function of test hours to failure on the IRU. The failurss con-
sidered include those attributable to design deficiencies, part fallures

and manufacturing errors and deficiencies. Zxamination of the curve sugg:sts
that approximately 600 hours of test time (or burn-in) was required to ensure
that the infant mortality rate portion of the curve hed been passed.

8.1.3.3 Mission Parformance

The primary photo mission of the Lunar Orbiter spacecraft raquired a 30 day
life which was reflected in the IRU 'pecific“tiona. In addition an extended
mission life was realized which substantially exceeded the minimum require-
ment. Space flight operating time ranged from a minimum of 1914 hours on
L.0. I to = maximum of 8120 hours on L.O. II. A summary of IRU operational
life, given inFigure 8-10 shows thz individual IRU operating hours, total
gyro space hours and type of gyvro (Sperry or Kearfots) in each IRU. Be-
cause of the manufacturing and s-hedule problems with the Sperry SYG 1000
gyro, the Kearfott Alpha was used 2s a backup and flown on twe of the five
missions. There were no catastrophic mission feilures and only one indica-
tion of performance degradation which was with a Sperry gyro. During the
mission of L.0. II the roll reference attitude was lost by a slow drift
while in the rate intesgrate mode. It was believed that this feilure was
due to an intermittent gimbal hangup. This gyro had teen recommended for
replacement following erratic behsvior in Boeing tumble tests, but, because
of schedule problems, it was flown. Mission success "proved” this to have
been & good gamble.

There were two other flight anomalies which recurred on IRU's during flight
but had no discernitle effect on performance.

REPRODUCIBILITY. OF THE ORIGINAL 'PAGE IS POOR.
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FIGURE 8-10

IRU OPZRATIONAL LIFZ

START/
OPZRATING S1CP
HOURS CYCL=S GYRO MODZL
I (SN 106 Mainstream) Sperry SYG 1000
(Crashed 10-29-56)
o Ground Test 864 3ko
o Space Flight 191k
o Total 27718 349
Lo II éSH 109 Mainstream) Sperry SYG 1000
Crashed 10-11-67)
o Ground Test 1574 183
o Space Flight 8120
o Total 9694 183
10 III (SN 113 Backup) Kearfott Alpha II
(Crashed 10-9-67)
o Ground Test 392 114
o Space Flight 5913
o Total 6305 114
Lo IV ésm 111 Backup) Kearfott Alpha II
Last Communication 7-17-67)
o Ground Test 1037 212
o Space Flight 1703
o Total 2790 212
Lo v (s¥ 110 Sperry SYG 1000
(Crashed 1-31-63)
0 Ground Test 1700 375
o Space Flight 4377
o Totsl 6077 315
Total Space Hours Average Power used during thermal
vacuum test
IRU - 22,027
GYRO - 65,001 22 watts @ 85 Sperry SYG 1000
27 watts @ 35°F Gyros
Failures

19 watts @ 85°F Kearfott 2564
Catastrophic - 0O 2k watts 2@ 35°F Gyros
Degradation - 1
(Gimbal hysteresis during spacecraft
limit cycles with rates in the range
of .001 deg/sec.)
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Telemetry date from L.O. II, IV, and V indicated intermittent heater loop
oscillations similar to those observed during ground tests. Usually these
were associated with transient heating conditicns, such as following an
eclipse. The other anoualy ovserved on L,O0., IV was a yaw gvro wheel cur-
rent oscillation and an indicated temperature oscillation. There was no
evidence thetl this affected the performance.

Lunar Orbiter gyro drift rate history is shown in Figure3-ll. The gyro
drift rate date tabulated are the Rate Integrating Mcde (RIM) or attitude
mode geinsensitive drift rete measurcmants on the ground (last btench value)
and in space (space flight average value), The elapsed tirs betwesn the
last beanch value column and the space flight average value column is about
two to four months, snd the actual operating time about 100 to 300 hours.
The degres of correlztion between the ground and space data is excellent.
The one exception was the yav gyro for L.O. I. The fixed torque drift con-
tinued to increase gradually with time from the value of .3h°?hour shown to
1.2%/hour ny the end of Mission 1. Fourteen out of fifteen gyros showed =
drift rate stability ranging from 0.01 to 0.16°/hour.

The total solar eclipse of October 1967 was predicted to have a severe ef-
fect on spacecraft subsystems which were sensitive to low voltage of the
electrical power system or low temperature. The gyrc's of the IRU were of
special concern. Spzcial laboratory tests were made on a Lunar Orbiter
inertial reference unit in October 1967. The tests revealed that warmup
times after heater turn on and switching transients are problem areas when
re-activating IRU's that have been turned off. The tests were conducted

to simulate environmental conditions predicted for Lunar Orbiter Spacecraft
numbers II, III, and V which were all in orbit prior to the solar eclipse.
The effects of turning the IRU off during the eclipse and then turning it
on again after the ecl’pse were determined. The test results were long

gyro motor spin up time to synch, & shift in drift rate, and switching tran-
sients. These transients can cause und2sired spacecraft aliitude changes

by commanding the reaction Jets on. A decision was made not to turn In.r-
tisl Reference Units OFF or On during critical periods of operation. Also
to avoid the possibility of losing control of spacecraft II or III it was
decided to crash these spacecrafts before the eclipse. However, the IRU

on Spacecraft III was turned off after the last propulsive maneuver (designed
to crash the spacecraft on the moon) and then turned on again. The "off"
transient caused a spacecraft angular rate of epproximately 110 dagrees/:cux,
which corresponds quite well with expected spacecraft response to the IRU
transient data obtained during the October ground tests. Unfortunately, the
telemetry link was occulted after turn on and before the "on" transient dais
could be obtained. The results of these laloratory and space flight tests
indicate that the switching transients of IRU's (gyros) are quite complax
and difficult to predict without experimental data. Spacecraft V survived
the October eclipse without as much difficulty as expected and continued to
function satisfactorily even though the equipment mounting deck temperature
fell to 10 degrees F.

e —— e~ e o . - e o

REPRODUCIBILITY OF THE ORIGINAL PAGE IS POOR.
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FIGURE 8-11
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8.1.4 CONCLUSIONS AND RECOMMENDATIONS

The major conclusions drawn from this study of the Lunar Orbiter IRU are:

1)

2)

3)

by

5)

6)

7)

The IRU performed adequately for this spplication. There were 22,027
hours of space operation without a failure. The design would be
applicable to other spacecraft now in desiga.

No life or wear out, limitations were evidence for missions up to oune
year in length once the IRU's were committed to launch. Minor degra-
dation in performance occurred on one roll gyro which exhibited gimbal
sticking.

Ball besaring gyros of the quality class representied by the Sperry SYG
10C0 ¢r the Kearfott Alpha have demonstrated an MIBF of 14,650 hours
with a confidence factor of 95%.

The non-g sensitive drift rate stability of 0.27°%/hour (3 0) on the
ground for 16 months was achieved without calibration. A 30 day sta-
bility of 0.1%hour (3 ¢) was achieved. The laboratory measurement

of g insensitive drift wes duplicated quite closely in flight.

Consistent IRU performance (for both gyros and accelerometers) was
achieved as a result of meticulous attention to a multitude of details
which included:

a) Cleanliness controls

b) Parts and process control
c) Skilled workmanship

d) Careful and exact testing
e) Test equipment control

f) Experienced personnel

A comprehensive and thorough IRU test plan is mandatory for a success-
ful program. This is the means by which a design reaches operational
maturity. Performance tests which simulate the actual use of the IRU
provide the only rational basis for comparison of performance on the
ground and in space; e.g., measurement of drift rate in open loop mode
on the ground. Other types of tests, which may not be strictly per-
formance tests, are needed to provide confidence in the quality of the
IRU; e.g., tumble tests at the systems level.

A burn-in or minimum operating life of about 600 hours prior to launch
was required to elirinate infant mortality failures in the IRU. An
elapsed time meter should accompany each unit so as to have a direct

measure of the operating hours.
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The recommendations for "what one should do differently if one had it to do

over"”

1)

3)

4)

are:

An earlier ex:mination of the real mission requirements for accuracy
and environment could have saved both time and money. Requirements
were relaxed only after it became evident that the IRU design was
incapable of passing.

Gyro and accelerometer instruments for an IRU should be selected from
an in-being production line producing units of the quelity class re-
quired. Much of the problem associ-ted with the 3YG 1000 gyros &nd
the 16 PIP accelerometers could be attributed to restarting at near
zero on the manufacturing and test experience curve after a shutdown
of production.

Any change from & previously approved article in an IRU instrument or

a manufacturing process should be treated with extreme caution. Even
damping fluid change can cause major yield problems.

Fixed drifts could be corrected in flight by providing a rate integrate
mode trim capability.

126



D2-114k277-3
8.2  8UN SENSORS

The sun sensors were one portion of the sttitude control subsystem described
in section 3.0. The function of the sun sensors was to provide a reference
attitude for the pitch and yaw axes.

8.2.1 SUN SENSOR DESCRIPTION

The sun sensors used on Lunar Orbiter were procured from the Ball Brothers
Research Company and were derivatives of those previcusly used on the Orbi-
ting Solar Observatory satellite (050). Tnere were a total of five assem-
blies on each spacecraft, as illustrated in Figure 8-12, a main sun sensor
located on the equipment mounting deck, and four remote s2nsors located at
the four corners of the heat shield. Tae main sun seunsor, shown in Figure
8-13, consisted of two groups of eyes, one for control of the pitch axis and
the second for yaw axis control. Each group in turn was composed of a set
of fine and coarse ey2s, the field of view of the coarse being about 5 tinmes
as wide as the fine. The remotes were each a single eye, with two associased
with each axds to provide a 4 T steradian field of view. The sensing ele-
ment was & silicon solar cell which may be compared to a current generator.
The output current is proportional to the area of illumination and the angle
of incidence of the sunlight. A properly chosen trim resistor produced

a voltage across the resistor proportional to the exposure area and angle of
incidence. The fine sensor utilized a changing illumination area to provide
the linear high gain signal. The coarse eyes operatedstrictly as & cosine
function of the angle of incidence and, therefore, had & lower gain.

The weight and dimensions of the components are tabulated below:
Main sun sensor assembly Wy = «6 1b Dimensions 1" x 4.4" Dia

Remote sun sensor each <.031b Approx 1/2" x 1/2" Dia
(C3 coarse eye)

The sun sensors were procured with long pig-tail leads atiached, which per-
mitted direct connection to interfacing units when installed on the space-
craft. This eliminsted the need for connectors for each sensor.

8.2.2 DESIGN REQUIREMEN

Requirements on the individual sensor were derived from the arrangement on
the spacecraft and from the specific performance for pointing accuracy.

The 4 T steradian field of view was required to ensure sun acquisition
from any initial attitude after separation of the spacecraft from the Agena.
The fine sun sensor was required to be unaffected by secondary light sources
(such as the bright limb of the moon) cutside 20° of the null. There was
considerable overlap provided by the array of sensors: e.g., coarse sensors
of pitch axdis and ye'r axis are both illuminated for large angles off sun.
Even with solar panels or high gain antenna dish arranged to shadow one set
of eyes, the other set provided sufficient error signal to cause sun acqui-
sition. The detail requirements are listed as follows:

PAGE |
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Figure 8-13:

MAIN SUN SENSOR
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MAIN SUN SENSOR

Field of View:
Fine eyes + 15° Linear for + 5°
Coarse eyes + 80° Linear for + 15°
Null Error: Fine seasor + 0.017° pitch or yaw
Signal Output:
Fine eyes: within + 0.25° of null = 12 mv/degree
= + 0.6 mv/degree
within .25° to 2.5° = 12 mv/degree + .9 mv
Coarse eyes: between + 12° = 2 mv/degree + 4 mv

between + 10° + 60° > 20 mv

REMOTZ SENSORS

Field of View: 2 Coarse eyes on spacecraft per axis + 900

A reference mirror was provided on the main sun sensor to provide alignment
to the spacecraft. Alignment error of reference mirror to mounting surface
was 18 arc seconds.

8.2.3 DEVELOPMENT & OPZRATION

Two candidate approaches to the basic sun sensitive cell were available at
the time of the Lunar Orbiter design. The Mariner & Ranger spacecraft had
flown with cadmium sulphide photo resistive elements for sun sensors. In
this method a sun shield casts a shadow, covering a portion of each cell.

As the incident illumination changes angle, the area of each cell illuminated
changes along with resistance. The cells were connected in a bridge circuit
such that a voltage proportional to the attitude error was obtained.

The other method available was the silicon solar cell as used on 0SO. The
decision to use the silicon cell approach was based on the following:

l. Laboratory experience and familiarity - a silicon cell sensor had been
used successfully on a Boeing air bearing attitude control simulator
for over two years.

2. Signal level and power requirements - the silicon cell sensor had an
output of about 10 millivolts per degree and therefore requirsd ampli-
fication of 100:1 or 1000:1, depending on the deadzone desired. An
amplifier with low noise and high gain was available from Ling Temco
Vought requiring about 0.2 watts power. Thils was perferadble to the
cadmiun sulphide cell which was used in & bridge circuit and required
about 1 watt to produce the signal level of 10 volts/deg required for
0.2° deadzone.
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3 Dynamic Response

Silicon Cell .001 second
Cadmium Sulphide «1 second

In general, fast response was desired to preclude Reaction Control Jet
"on" dz2lay or "off" delay from causing a weight penalty. In the L.O.
application it was not a significant factor since the sun sensor was
usad only as a position reference.

L, Availability - silicon cell sun sensors were evailable from Ball Bro-
thers Reszarch Company and the Bendix Corporation on & part number
basis. Cadmium sulphide cells could be obtained from Nortronics Divie-
sion of lorair (from Ranger experience) only on special order tasis.
There was no existing manufacturing source for "off-the'shelf" cadmium
sulphide cells.

5 Reliability - solid state devices were to be used throughout both de-
signs. From a part count basis the siliceon cell approach was less
reliable because of the added amplifier. Eowever, an open or short
circuit, or cell failure would have been passive and possibly allow a
degraded mode of operatioa. The cadmium sulphide cell was simplest,
but an open or short circuit failure could have produced & hard over
signal to the attitude control.

6. Accuracy - the claimed null accuracy for the silicon cell was .Olo,
later shown tc be .017°. The demonstrated accuracy of the cadmium sule
phide was 0.1°. 1In addition there was a physical problem of matching
cells and mechanicel parts which made this hard to achieve.

8.2.3.1 DEVELOPMINT PROBLEMS

The remote sensors were procured by part number as an off-the-shelf item
and no development problems were encountered. The following discussion
pertains to the main sun sensor.

SUN SENSOR TESTING

Because of the difficulties of simulating the true sun's illumination
(geometry, intensity, spectrum, and particularly a stable centroid of
illumination) the Sun Sensor was tested for performance under simulated
space thermal vacuum environnment as exposed to the real sun. This

"real sun" was as seen at Boulder, Colorado (or Tucson, Arizona) through
a quartz optical quality window in the thermsl-vac chamber which was
mounted on a sidereal table %o track the sun. Since the sun at Boulder
was approximately 80 percent of the sun as viewed from space, correc-
tions were applied to the Sun Sensor outputs based upon the output of

a "standard" eye looking through the same thermal vacuum chamber window.
This standard eye had been calibrated previously by Ball Brothers Re-
search Company against the space sun on an Aerobee shot and subsequently
recovered. Optical means were provided for viewing the sun directly
and at the same time measuring the error between the normal to the
mounting surface of the test fixture and the sun's line of sight. Both
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the output and input were recorded on an X-Y recorder; the latter from
a precision angle transducer mounted on the adjustable test fixture
gimbal. This test was repeated for both the fine and coarse ey=2 pairs.
The peak output of the standard eye was recordsd at the start and fi-
nish of the test of each axis; i.e., with the standard eye locoking
exactly at the sun. Typical calibration curves for the fine and coarse
eyes are given in figures 8-14 through 8-16.

The Flight Acceptance Test vibration test setup for the Sun Sensor was
conventional except for the use of a light source to stimulate the
eyes during vibration. This light source was a comma2rcial photogra-
pher's light, Sylvania "Sun Gun." This light was used solely to sti-
mulate the Sun Sensor outputs used in a "go-no-go" check for inter-
mittents during vibration. This source was also used for incoming
acceptance and spacecraft level tests at Boeing.

The major problem areas in FAT testing of the Sun Sensor were test
equipment or procedure oriented.

1. "Unusual" weather for the Boulder, Colorado area reduced the
available "good" sun time to such a low percentage that, late in
the fall of 1965 an additional test facility was set up near
Tucson, Arizona (a "Good" sun was defined as a sun with no clouds
within 20 degrees of the sun line of sight).

2. It was found that great care had to be taken in cleaning and main-
taining the precision mounting surfaces of the test fixture.
Failure to keep these rigid requirements could lead to rejection
of good Sun Sensors because of apparent misalignment between the
reference mirror and the mounting plane.

3« Because of the limited space in the back of the muin Sun Sensor,
great care had to be taken in installing the trim resistors to
make sure that they were fastened across the correct sensing eye.
A peak output test as used for Incoming Acceptance Test verified
this proper connection.

k., The white reflecting paint (JPL S-13) used on all surfaces to
face the sun except the eye lens, was the source of two problems:

(a) In the first few vacuum sun tests, this paint outgassed and
clouded the quartz window with a projected image of the Sun
Sensor (no paint deposited on the surface opposite to the
eye lens which were not peinted). A pre-psrformance test
vacuum cycle to ouigas the paint solved thiis problem.

(b) The paint used was found to bve very sansitive to proper
mixing, application, part handling end the useful date life
of the paint. New procedures were developed for proper care
of the sensor during its entire ground test sequence to pre-
vent paint chipping. Even with these prccedures, there was
a small amount of touch up necessary on the flight units.

- g — -
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8.2.3.2 MISSION PERFORMANCE

The sun sensors provided an accurate celestial referenc: for & variety of
nonenoninal situations. Approximately 60% of the tine was spent off the
sunline and the capability of having fine, coarse, or Loth sun sensors in
the loop proved extremaly useful.

The initial sun acquisition tcok place automatically on all missions within
the maxirum allowable time of 20 minutles from separaiion.

. n sensor calibration curve obtained
v from the sun of Mission II. Figure
sor calivration curve buased on yaw updates
Mission II.

Figure 8-17 shows a coars:
during a thermal pitch manev
8.18 1s a yav coarse sun sen
during the readout phase of
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The coarse eyes proved to be very useful during photo readout on all missions.
Nitrogen was coanserved since the sun did not have to be reacquired every or-
bit. Pit:h attitude during most of readout was estimated from the initial
pitch maneuver, knowledze of pitch drift rate, and solar array current. Yaw
attitude, howvever, was continuously monitored via e coarse sun sensor.
Attenuntion of the yaw output due io pitch was appro:dmately the same for

all missions. At a pitch angle of 30°, yaw was observed to be degraded an
average of 0.8. The predicted attenuation for this case is cos 30° or 0.865.
Also, on all missions, moonlight was seen to affect the coarse eye output
during certain portions of an orbit, but with no bad 2ffect on the mission.

8.2.4 CONCLUSIONS AND RZCOM/ENDATIONS
l. There were no flight problems with the sun sensors.

2. The aches and palns cf obtaining flight qualified units according to
schedule were considerable. A good calibrated artifizial sun source
would have saved calendar time as well as money. Substitution of a
sun simulator for a Boulder, Colorado, or a Tucson, Arizona, sun is
recormended for future programs.

3« Thermal control coatings used on the sun sensor caused trouble because
of spparent misalignment between the reference mirror and the mounting
plane. Great cars had to be exercised to maintain clean mounting
surfaces.

L, Because of the limited space in the back of the main Sun Sensor, great
care had to be taken in installing the trim resistors to make sure
that they were fastened azcross the correct sensing eye.

5. The use of pig-tail leads on each sensor, to provide direct connection
to interfacing units, eliminated 5 connectors. This method of connec-
ting the sun sensors is recommendad to reduce the total spacecraf?y
connactor count.
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Recommendations for "doing differently if one had it to do over" are:

l.

The wide angle sun sensor erray should be calibrated over its full renge
prior to flight. A linear wide angle telemetry output would have been

useful for the unanticipated "off-sun" mode of operation employed on
Lunar Orbiter.
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B8e3 CANOPUS STAR TRACKER

The Canopus star tracker (CST) used on the Lunar Orbiter program was devele
oped Ly ITT, Federal Lalboratories. The CST was o part of th2 Attitude Con-
trol Subsystem descrived in Scction 3.0. It's primary functions were to
provide: (1) a roll reference signel to the attitude control subsystem,
(2) a star map signal which was proporticnal to the light flux entering the
sracker for identification of Canopus via telemetry on “he ground, and (3)
a Canopus recocnition signal to the program:zr for mods switching of the

attitude control roll referance.
8.3.1 STAR TRACKZR DESCRIPTION

The primary element of the tracker was an 1wﬂr~ dissector phiototube. A
schematic is shown in Figure 8-19. A star was imaged by tae lens upon the
image dissector pliotocathode and an clectrou besam image was formed by fo-
cusing electrodzs. Behind the photocathode was a narrow slot aperture
which allowed only star image signals that passed through the aperture to
enter the photo multiplier dynode chain to provide outputs. Deflection
coils placed around the tube allowad electron beam images from the photo-
cathode to be scanned across the aperture if appropriate currents were
applied to the coils.

Through this means of electronically scanning the electron image of & star,
phototube output was modulated to provide error signals indicating star
position. The narrow slot aperture was aligned with the vehicle roll axis.
The tracker electronics generated a 14 Hz triangular wave form to sweep

the full field of view in "search" mod~. When sufficient output was ob-
tained from the photo multiplier to trigger the "track" mods threshold,
the scan frequency was changed to 800 Hz and the scan amplitude reduced to
+ >

Star position information was obtained and used in an internal feedback
tracking loop to average the electron star image about the center of the
aperture. The actual magnitude of the DC deflection voltage required indi-
ated star position with respect to the roll axis and this magnitude was
provided as the output roll error voltage to the ACS.

The electron beam which passed through the aperture was amplified in the
dynode chain. The resulting current was proportional to the brightness of
the star which was imasged. This video output providad the star map voltage.
A recognition signal was generated based on the star map voltage above 1.2
volts and below 4.h volts. These levels corresponded approximately to 1/3
times to 3 times canopus.

8.3.2 DESIGN REQUIREMENTS
The star trecker performance requirements were: :

1) To track the star Cancpus and provide a roll reference signal for atti-
tude control. The roll error scale factor was 1 volt per dsgree &n
was required to be linear to + 2.5 deg and with an output over 2.5
volts to + L,1°. The tolerance allowed was + :%

REPRODUCIBILITY OF THE ORIGIN
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To provide an &nalog star map signel to the telemetry subsystem which
was linearly proportional to the light flux from the star being
tracked. Operation after 6 hours in space and throughout the rest of
the mission was required.

To provide a Canopus recognition signal whenever a star of the proper
brightness fell within a specified ratio of Canopus. The purpose was
to automatically discriminate against other stars. The recognition
gate levels were first specified to be .5 to l.5 X Canopus. Later

this was opened up to .3 to 3 X Cancpus. It was also tailored to
assure a margin for the star map voltage outside the recognition levels.

To provide & roll field of view of + l.l degrees. The roll field of

view was to ellow operation in a + 2 degree deadzone before, during,

and immediately after occultation without losing the star due to gyro
drift while in the rate integrate mode.

To provide & yaw field of view sufficient to accommodate Canopus, for
a 30-day photo mission plus the launch period associated with any given
month. The yaw field of at least + 8 was provided.

To provide a mechanical adjustment in the yaw plane (pre-lsunch) in 2
degree increments to provide a total yaw field coverage of 33.5 degrees.

To provide a bright object sensor and shutter to protect the photo tube
from illumination greater than .03 foot candle. The shutter closure
time was less than .5 seconds.

To provide dynamic response as follows:

a) acquisition of a star after entering field of view T <.5 sec.

b) roll error signal time constant T = .14 + .05 seconds.

Signal to noise ratio was required to be less than 24 to 1 at .l de-
gree roll error. The noise output was required to be less than 15 arc
seconds at null. At maximum roll error the noise was required to be

less than 100 millivolts RMS.

Tracking of Canopus to within 30 degrees of the bright limb of the
moon was required.

The weight was to be less than 7.5 1lb with a goal of 5.5 1lb.

The power was to be less than 3.0 watts at 21 volts or 5.0 watts at
31 volts.

An alignment prism was required to permit measurement of the tracker
alignment to within .05 degrees.

A light shield to prevent light from the omni antenna from impinging
on the lens of the tracker was required.
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To telemeter the CST information to the ground for star map interpretation
and Canopus identification with a telemetry frame repetition rate of 23.y
seconds imposed a requiremeont that the CST map and roll error signal be
subcomnutated at 8 times the frame rate, or approximately one data point
every 3 seconds. Roll rate during star map maneuvers was normally 1/2°

per second. This comhination assured at least 5 data points while crossing
the + 4.1° required roll field of view.

8.3.3 DEVELOPMINT AND OPERATION

At the time the design decisions were beiang made concerning the Lunar Orbiter
Canopus star tracker the state-of-the-art was as follows:

a) No spacecraft had actually used Canopus as an attitude reference.

b) The Mariner IV Canopus tracker was under develorment at JPL. The
Barnes Bngineering Company wacs involved in manufacturing the design.
Development problems included:

1) Non-uniformity of the cathode of the CBS image dissector tube.
Since discrimination of Cenopus was based on brightness this
affected the recognition gates.

2) Manufacturing yield of the fiber coptics used to adapt the star
image in the focal plane of the catadioptric lens to the spherical
photo cathode surface. Breakage or change occurred due to tempera-
ture or vibration exposure.

3) Tolerances on the analog electronics photo tube and uncertainty
about the spectral calibration of the test source as compared to
Canopus (as seen in space) caused lack of confidence in the design.

¢) The Surveyor Canopus tracker was under development by Santa Barbarsa
Research Company. It used & motor-driven mechanism to scan the photo
tube. The mechanical complexity and low predicted reliability ruled
it out as a contender for the one year life mission desired for Lunar
Orbiter.

d) The long range earth sensor that had been used successfully on Mariner
II mission to Venus was developed by JPL and the Nortronics Division
of Norair Inc. t used a vibreting reed to provids meschanical scanning
of a photo tube. The sensitivity with a wider field of view resquired
in this application was not adequate and extensive modificatiorn would
have been required.

e) Narrow field of view mechanicelly gimballed star trackers were availa-
ble from various missile programs. Typically they were used to align
inertial guidance platforms and were not space qualified.

f) A narrow field of view star tracker was under development for the Orbi-
ting Astronomical Observatory program at the International Telephone
end Tzlegraph Federal Laboratory. A wide yaw field of view was re-
quired for Lunar Orbiter to accommodate the engular excursion of the
line of sight to Cznopus relative to the normal to the ecliptic rlane.
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In the following discussions the development will be related to discrate
time intervals between the major program evanis.

8.3.3.1 Proposal Submittal to Preliminery Design Review

The Barnes/JPL tracker woz in9+%+11+ »oroposed for usz on Lunar Orbiter.
Reports of developrent problems indicated that de-bugging the tracker was a

major task for JPL.

It was desired to procure the star tracker from an expert subcontractor,

to firm fixed price, end to have high confidence in the operation of the

end product. A formal competitive vendor selection was made based on the
requirenents listed in 8.3.2.

The ITT Federal Lahoratories were selected to develop a new tracker. Early
constraints on the design were:

1) The ability to increase the optical field of view To 32 degrees in yaw
and employ electronic gimballing within this field for search and track
was required. This option was considered necessary to provide for
tracker operation for the one year extanded mission. When it was esta-.
blished firmly with NASA LRC that a Canopus referenced orientation was
not necessary for the extended mission, this requirement was reduced
to that required for 30 days of operation at the worst time of year.

2) Use of the CBS electrostatic deflection image dissector tube. Magne-
tic deflection coils were used in the other ITTFL designs. An early
desire was to keep the spacecraft magnetically clean. It was thought
that the magnetic deflection technigue could cause provlems for a po-
tential magnetometer experiment. This experiment requirement went
away. As a consequence, when ITTFL ran into delivery problems with
the CBS tubes becaus2 of inability to meet rigid cathode uniformity
tests, a switch was made to their own tube.

8.3.3.2 Critical. Design Review to First Flight

Many development problems with the Canopus Star Tracker became evident
during the comprehensive test program.

The formal portion of the test program included: (1) Flight Acceptance
Tests, (2) a Qualification Test, (3) a Reliability Demonstration Test, and
(4) an Incoming Acceptance Test. These tests and some of the significant
results are presented in the following paragrephs.

Canopus Star Tracker Testing

The parameters of the CST which were checked before and afler each Flight
Acceptance Test (FAT) are given below:

&) Roll error versus Roll angle over the entire Roll/Yaw fields of view
(+ b.1 degrees and + 8.20 degrees, respectively).
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b) tar Map Telemetry ocutput versus star intensity (expressed as times
Canopus) over the entire Roll/Yaw 7OV,

c) Cauopus Recognition output (ettitude control and telemetry) versus
Star Intensity ( x Canopus).

d) Roll Error Signal to Noise Ratio. The requirement was that this ratio
must be greater than 2L:1; ell wnits had ratios greater than 30:1.

e) Roll Error Noise at Max Deflection. In all cases, the noise level was
less than the 100 MV RMS requiremsnt. Typically the noise was less
than 70 MV RMS.

f£) Sun Shutter Response. IL was required to close with 0.5 seconds of a
level of illumination cqual %o or greater than one x Moon (as seen by
the CST at the 46 KM perilune). "Good" units typically had response
times less than .3 seconds. The problems in setting the proper level
of illumination to trigger the shutter, and in febricating the shutter
mechanisms are discussed below.

g) Roll Error Frequency Response. The requirement was not stringent; the
time constant was to be less than 0.1l6 seconds.

The FAT Vibration tests were similar to those described for the IRU, Section
8.1. Problems with Sun Shutter oparation and Recll Zrror null alignment re-
sulted in a reduction in the required sines weve vibration levels. These
reductions (to the same levels as for the IRU) were based on the results of
a special test of a dynamic model of the spacecraft, which demonstrated
that the actual vibration environment was less than originally estimated
and specified. The random level requirements were not changed.

The ' . " was subjected to periodic solar illumination to check Sun Shutter
operation during thermal vacuum tests and to continuous stzar i1llumination
(wt 1 x Canopus) so that Roll Error, Star Map and Cancpus Recognition out-
pu.s could be monitored for intermittents.

The Qualification tests were similar to FAT except that the vibration r=z-
presented the predicted 30 mission velues rather than the nominel values.
No change was made in the random levels. Also electromagnetic interference
(EMI) end humidity tests were added.

The Reliability Demonstration test, originally spacified as two 30 day mis-
sion similations performed on a CST which hai first passed FAT, was reduced
to one leaunch vibration sirmmlation, and one 30 day thermal vacuum simula-
tion with CST "events" equivalent to those in the original 60 days or ther-
mal vacuum squsezed into the 30 days.

The performance tests run before and after the vibraticn and before and
after thermal vacuum were the same as for FAT. The deviations in Roll Error
"Gain" (Roll Error vs Roll Angle), Roll Error Null (output at zero input),
and Star Map Tel2metry versus time were monitored.
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Two other trackers were subsequently damagad by arcing even when procedures
to delay turn on until a pressure of 10'5 mm. of Hg was reached. Slow
bleed off of gases from the potting compound around the tube caused the
problem. The gas was trapped in pockets formed Ly a mylar film which was
wrapped around the trackers for reflective insulation. Final solution to
the problem was reached when the CST vas vacuum cycled after potting, the
reflective film was loosely wrapped, the tracker cover venis were increased
and the soak time at 10-2 mm. of Hg in the thermal vacuum chamber was in-
creased to three hours before turn on.

Sun Shutter Sticking - The operation of the sun shutter w-s f~>14 to be
erratic following FAT vibra tion of the second tracker. It would some-
times fail to open after illumination of the Bright Object Sensor (30S) had
closed it to protect the image dissector tube. Insufficient clearance be=-
tween the shutter and its housing, inadequate stiffn2ss of the solenoid
shaft and of the shutter blade, and excessive amplificaticn of tracker vi-
bration inputs at the shatter location were the causes of this problem.
These ver: not completely identified and solutions implemented until the
Qualification Test tracker was modified. Solutions included structural
stiffening of the shutter blade and of the entire tracker fram: with epoxied
stiffeners, addition of a butyl rubber damping pad between the tracker struc-
ture and spacecraft structure, and a change in the damping coefficient of
the silicone rubber used to pot the imege dissector tube to the magnetic
shield which, in turn, was potted to the tracker struciure.

Tracker Alignment Shifts - Alcng with the sun shutter sticking provlem, it
was determined that the vibration (and tharmal cycling) of the tracker was
causing the Roll Error null plane tc shift relative to the front face and
reference prism. The problem was identified as motion betwesn the imege
dissector tube and the support structure caused by excessive vibration
strain and thermal distortion., Magnetic ie’ds inducsd in the tracker
structure by the large DC field surrounding the vibretion shaker also
caused null shiftis.
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Figure 8-20: CANOPUS STAR TRACKER WITH TEST SET ATTACHED
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Solution to this and the sun shutter sticking problem was realized by the
same actions which included reduction of vivration amplification of the
tracker structure through use of stiffeners and dampers as descrited above
and reduction of thermal distortion and image dissoctor tube vibration
amplification relative to the structure by changing the potting compound
from RITV-106 to RTV-1ll. Vibration levels at the tube were rcduced frono
over 100 g's (in response to a 15 g tracker input) to less than 30 g's.

It is of interest, and a tribute to the integrity of the ITT tube and
electronics that there were no failures of these elements cduring the diag-
nostic vibration tests where the extrems amplification levels ware en-
countered. Thermal distortions of the Roll Error Null were reduced from
over 0.3 degrees to less than 0.1 degree by changing the potting compound
and by tempersturz cycling it bvefore final alignment. Magnetically induced
shifts were minimized by degaussing the tracker periodically and replacing
all "hard" magnetic materials in the tracker structure with "soft" or non-
magnetic materials.

Star Map Gein - In spite of increasing "burn-in" time to 100 hours of expo-
sure for each image dissector tube to illumination of intensity 5 times
Canopus, the tubes continued %o show degradation of video output with time
when exposed to illumination as low as 1 x Canopus. This degradation was
as much as 2.5:1 in the RDT unit during both 15 day cycles even though it
was retrimmed after the first cycle. The degraded tubes also showed a r-~-
covery, or healing, tendency when not illuminated and when “urnsd off.

The mechanism was and is not undarstood and no solution was or has been
effected other than frequent recalibration. The flight experiences with
this phenomanon are discussed later in the section on flight data.

Simulated Star Source (SS3S) Calibration - The process of calibrating the
8SS to represent Canopus as seen by the S-11 image dissector tube consisted
of:

a) feasuring the intensity and spectrum of the GE quartzline lamp as seen
through the color filter.

b) Analytically applying a corraction factor for the optics of the SSS
and tracker and for the S-1l photocathode in order to calculate the
necessary size of the apertura.

¢) Analytically applying a very small correction factor to rating of the
neutral density filters to account for the measured deviations from
the 20 nominal logrithmic steps from 5 x Canopus to O.l x Canopus.

As the result of comparisons between the output of a tracker in response

to illuminetion by the two ITT-produced SSS's (one at ITT and one at Boeing)
and to the JPL SSS it was determined that there were errors in the callidbra-
tion calculations for the SSS's at ITT and Boeing which resulted in them
producing an output 30 percent too high. These errors were discovered and
the flight trackers recalibrated bvefore the sscond L.O. flight. The fact
that the recalibrated results were right and the corrslation of ground test
and flight test Star Map telemetry outputs are discussed in the section of
the L.0. mission results.
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Star Tracker Test Set (STTS) Calibration - Although the original design re-
quirerments for the STTS called for interchangeatility betwveen all trackers
and STIS's, it was discovered that the spactrel responses were not well
enough matched nor stable enough to satisfy this requirement. Therefore,
it became necessary to "merry” each STTS to a tracker by calibrating each
of the five star sources of the STTS aguinst the SSS at ITT, using the par-
ticular tracker as a transfer standard. The STTS was then delivered to
Boeing with the tracker and Boeinz used them as a matched set throughout
IAT and spacecraft testing. It was found that the intensity of the STTS
illurdnation varied with time in an unpredictable manner and elthough the
STTS proved to be & reliable stimulus for Roll Angle, it could not b2 used
as a reliable stimulus for star intensity even thousgh the inteansity control
was calibrated asgainst the SSS filters. 1In the end, the STTS was used in a
"go-no-go" test of star map output, and the flight trackers were returned
to ITT for star map calibration just before the spacecraft were placed on
the booster.
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8.3.3.3 Mission Performence

Mission I

During the initial phases of Mission I the star tracker failed to operate
as expected because of excessive light flux into the opties. This "glint"
problem occurred while attempting to produce a star map that could be us2d
to deternine a precise attitude baseline for a midcourse maneuver. The
initial star map is shown in Figure 8-21. Also shown in the same figure
is the conputer predicted a priori map. After numerous commanded maneuvers
in the attenpt to determine the source for the apparent interference, a
decision was made to use the Moon as a celestial reference. The high gain
antenna pattern "map" was used to confirm the roll orientation. The « 1t-
come of the 37.8 meter per second midcourse was successful which pla:.d
the spacecreft on such a precise trajectory that a second midcourse was
not needed to achieve the injection point for transfer to the initiel
ellipse three days later. Subsequent operation of the star tracker in

the shadow of the moon was considered normal except for the low map signal
voltage sensitivity. Earlier test and development work with the tracker
had indicated that prolonged exposure of tha tracker to bright light with
the tracker turnsd on caused degradation of star nmap gain. Since the
tracker was on continuously for 60 hours during vhich time it was exposed
for 2 3/h hours to the moon in addition to locking on strey light the
remaining time, it was felt that this was probably responsible for the

low sensitivity.

A Space Glint Test (see Figure 8-22) showed clearly that the omni antenna
was a major contributor to the stray light which impinged upon the Canopus
tracker. An interesting facet of the glint problem was that the tracker
invariably locked onto light reflected from the baffles on one or the
other side, resulting in either plus or minus roll saturation. Negative
roll saturation was generally associated with a higher map signal output,
probably because the antenna reflected directly onto the baffles in the
negative side of the tracker while the baffles on the positive side were
lighted by indirect reflections.

A number of ground tests to investigate the sources of stray light inter-
ference with the Canopus Star Tracker observed during Mission I were
initiated. One of these tests was conducted using Spacecraft No.l, shown
in Figure 8- 23, showed that the Onmi antenna gave & stray light flux
sufficiently high for the tracker to switch from search to track mode.

In addition, it was found that the stray light flux due to multiple re-
flections from the equipment mounting deck was high. The purpose of the
tests was to obtain quantitative data on the corrective measures proposed
to be incorpcrated on the second flight spacecraft.

As a result of these tests, it was recommended to paint black the Omni

antenna, the edges of solar panel #2 and #i, and portions of the backside
of the solar panels. These fixes lowered the interference to 23% of the
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Figure 8-23: GROUND GLINT TEST IN PROGRESS
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danger level., The tests also indicated thet further reduction could be
achieved by light shields mounted to the Equip:ent lMounting Deci or the
tep of the solar parels. A suamary of the glint data is given in
Figure 8-24.

Mission II

Spececraft chunges incorporated prior to Mission II were: 1) Omni antenna
~ LI

vainted zloss black, end 2) edzes end buckside of solar panels 2 and %
painted flat black,

On Mission II the Cancpus Tracker wes first turned on approximately 6 hours
into translunar flight. The Tracker acquired and tracked Canopus inmediately,
indicating the spacecraft was oriented toward Canopus at that time. This

was verified by making a2 360 degree star map and by a high gain antenna signal
strength map. The roll error from Canopus was then used in a closed loop
node until the midcourse nmaneuver. The Canopus Star Tracker appeared to bte
working properly in full sunlight.

The first star map matched the a-priori map fairly well except for the
eppearancs of 2 btroad (approximately SO degree) object which had z peak

map signal strength of about % volts. At this time, the earth had a clock
anzle (defined as the angle about the sun line from Canopus ) of 130 degrees
and a cone angle (defined as the angle avway from the sun line) of 14O degrees.
It was deternined thet the earth, which was 30 degrezs out of the field of
view in cone angle, was the source of the stray light. The apparent lag in
cone anzle of the paak signal strength was consistent with the location of
the low gain antenna.

Just prior to midcourse, the propellant squib valves vere fired. Immediately
thereafter; Canopus track was lost and the attitude control system went into
inertial hold in roll. This resulted in a delay of the midcourse maneuver
while a second star map was made.

The second star ap, shown in Figure £-25 natched the e-priori map fairly

well but ninor glint from the earth wes agein evident. In this case, however,
the maximum signal due to earth glint was down to l.1 volts due to the greater
earth range. After the second map, the Canopus Tracker continued to track
Canopus but it was not usel in a closed loop mode to eontrol attitude. Instead
the roll axis was controlled by the gyro and naneuver commands were trans-
nitted to the vehicle 2s required to maintain Canopus in the field of view

and to zero the roll error in preperation for Midcourse, injection, and
transfer nansuvers,

The injection maneuver occurred during sunset, mmediately after sunrise,
Canopus was lost due to reflections o moon light. A subsequent expariment
established that Canopus could not be tracked reliably in lunar orbit and
that continued exposure to moon light would degrade the Cancpus Tracker map
signal voltage. As & result, it was concluded that the Tracker should be
operated only during sunset.
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After trensfer to the final orbit, during photography and readout, the
method of roll econtrol edopted vas:
(a) Turn Tracker on after sunset.
(b) Acquire Canopus in closed loop mode to update roll atiitude.
(¢) Turn Tracker off before sunrise.

The method worked well with reasonable nitrogen cconsuaption rates and
minimal operational problems.

Mission III

Resulis of the first star map on Mission III were uncertain because of data
less during the maneuver, hovever, a second 360 degrec roll, shown in Figure
8.26 was successful in establishing a roll reference. The spacecraft was
rolled +125 degrees to Canopus and a tracker off=on cycle was performed to
observe and track the star.

Canopus was tracked throughout the translunar flight but without the error
signal being used by the attitude control in a closed loop mode. The tracker
lost Canopus six times durinz this period, once when the squibs were fired,
four times with no apparent spacecraft disturbance, and once just prior to
injection when the moon albedo caused a proncunced glint problem. Each

time track was regained by commanding the tracker offeon cycle.

Star map signal was initially 3.7 volts, decayed to 2.6 volts through trans-
lunar and recovered to 3.25 volts by the end of the mission. Following in-
Jection the tracker was operated only in the dark,

During sunset of the fourth orbit, Canopus was acquired in the "closed loop"
mode. For the remainder of the photo mission the operational procedure wvas
to acquire Canopus during sunset and operate the roll axis in the closed loop
mode. Star maps were performed three more times during Mission III. Results

Mission IV

The Canopus Tracker was first rurned on approxinately seven hours into transe-
lunar flight. It was locked on positive glint at that time and remained there
throughout the first star map maneuver. The star map voltage was consistently
high, and averaged about 3 volts. Tvwo hours later the tracker was turned con
in a negative glint condition and a second +360 degree star map moneuver was
perforned with similar results. Two blips in the star map voltage were noted
at 75 degrees indicating that the tracker had viewed a celestial object. The
spacecraft was rolled +84 degrees to view this object and a tracker off-on
cycle was performed and the star was tracked successfully. The third star
map and the high gain antenna signal strength map verified that the tracker
was tracking Canopus.
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TELEMETRY DATA STAR MAP TABULATION
CLOCK ANGLE CA

NOPUS

MAP VOLTAGE

T/M NO. SIDL NO., NAME APRIORI OBSERVED FLUX RATIO APRIORI ACTUAL

MAP SIGNAL, VOLTS

! 13, BE CRU, MIMOSA 311 310 0.16 0.7 1.22
2 8, AL CRU, ACRUX 316 314 0.38 1.4 1.30
3 74, TH CAR 326 326 0.04 . 1.02
61, 10 CAR 335 0.06 .
4 l 28, BE CAR, 337 1.06
MIAPLACIDUS 335 0.09 *
5 2, AL CAR, CANOPUS 0 REFERENCE 1.0 3.9 3.5
6 601, EARTH 96 40-120 3.1x107 . 1.38
* NO DATA
— : EES
SE=n 1
T/M 5 CANOPUS |
| Zagdie
| | ' |
T/M 6 EARTH
C,\L\-/L/\f\\\
= | = I = ‘.}CV"_A"» NIRRT
gt ] |
=
300\/ 360
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MANEUVER ANGLE (DEGREES)
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FIGURE 8-26 MISSION 11l TELEMETRY DATA STAR MAP

157



P2-114277-3

Cancpus was tracled withcout acquisition for cne l.our prior to 1n*e tion. For
the remainder of the photo mission the operational procedure was to turn the
tracker on without eacquisition once or twice an orbit to obtai a roll reference
and update roll attitude prior to a photo sequence. On those occasions vhen
the tracker was locked on glint, track was usually regeined by performing an
off-on cycle.

The orbit for Mission IV was nearly Polar with a geriod of approximately 12
hours. As a consequence the spacecraft operated in full sunlight for long

periods and large illuninated ereas c¢f Lhe moon regularly came within view

of the tracker.

The Eright Oblect Sensor was closed for approximately 59 hours during the
latter part of the mission.

The star map signal, was initially 2.5 volts, decayed to 2.1 volts and re-
covered to approximately 2.4 volts by the end of the mission.

As a consequence of th: Canopus Star Tracker anomalies observed during
Mission IV additional tes.s were conducted (similar to those conducted after
Mission I) to define possible glint sources on the spacecraft. These tests
indicated that the power resistor dissipation panel on the omni antenna

was & bright point source of glint in the Star Tracker baffle field «f view.
In addition, the stray light flux reflected from the eacuirment mounting deck
to the backside of muiber ! solar penel (peinted flat black) was high.

It was therefore recommended that the resistor panel be shielded, that the
number 4 solar panel be painted gloss black, that the soler pansl stowing
lugs be painted flat black, and that all the unpainted screws, etc., on the
resistor panel be painted black.

Mission V

The Canopus tracker was first turned on approximately seven hours into
translunar flight. Initially it was in the track mode indicating a roll
error of minus 3.2 degree and a map signal of 1.12 to 1.10 volts. This
star was later identified as Acrux ( a Crucis). The star was tracked for
approximately two minutes at which time the roll error went to pesitive
saturation due to "glint". From this point on the story was essentially
a repeat of Mission IV, but with different details.

The next unexpected event cccurred approximately 9 hours prior to the end
of the primary photo mission of L.O. V. The deadzune was opened and drift
t its in piteh, roll, end yavw were started. On three occasions thereafter,
the tracker was turned on and the oright object shutter was closed. This
data clearly showed that the tracker was extremely sensitive to glint as a
function of yaw attitude. Each time the spacecraft was yawed towerd the
sun .75 degrees the bright object shutter closed. This corresponds to

the tracker centerline moving from 84 degrees to the sunline to an angle
of £3.25 degrees.

AL PAGE IS POOR.

REPRODUCIBILITY OF THE ORIGIN
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The ster map signal vas initlelly 2.! volts, decayed to 2.1 volts and "healed”
to approximately 2.9 volts by the end of the mission.

The Bright Object Sensor and Lauypus Presence Signal Gates vorked as expacted
on all missions. A sumory of "on" tinie in space and ﬂunber of ONI-OFF cycles
for each truCIcT is glven in Figure 8-27. A sumuary of "glint" problems is
presented in Fi ure 3-28.

8.3.4 Conclusions and Reco.mendations

Proper operation of an orbiter spacecraft with a wide field of view optics

on a star tracker required considerably mnore attention to details of the desizn
and the configuration that was expended on the Lunar Orbiter Canopus tracker.
The following points are important and need be considered more seriously:

1) Broad souarces of diffuse light, such as e ncarby planet, are
potential glint problems that must be analyzed carefully.

2) location of spacecraft elenents which may be illuminated and be
within the field of viev of the baffle, require careful analysis.

3) Sun shade design must be such that edges do not appeer in the
imaged field of view.

L) A criteria to minimize stray light effects would Le to prevent all
second bounce light from entering the tracker lens. The Luner
Uroiter caffle design excluded only first bounce lipght at best.

5) Electrouic sveep of the field of view should be limited to prevent
"seeing" baffles or other mcchanical edges.

6) Mechanicel adjustment cf tracker boresight requires careful scrutiny
to assure that the sunlight does not enter tlie sun shade or that
illunineted surfaces are not brought into the optical field of view.

7) The Star Tracker Test Sot was found to be the cause of many of the
problems associated with testing of the Canopus Sta* Tracker. T
angular error measurements were sccurste, but the intensity level
for calibration of the star map signal were so inconsistent that
it was very difficult to use this feature of the test set.

8) Star Tracker image dissector tubes are subject to output degredation
(end heeling) in the long term presence (Jr absence) of illunination
at star intensities. Phaysical phencmenon and soluticn are not clearly
understoon.

Recomneadations for "doinz differently if one had it to do over" nre to develop
the technology which would allow a better analytical and hardvare evaluation
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FIGURE 8-27

TRACKER ON-OFF HISTORY

TOTAL HOURS PRELAUNCH
ON-OFF Ol TIME MECHANICAL
MISSION CYCLES IN SPACE SETPING *
I 133 68.0 83.0°
1I 262 162.5 98.2°
III 299 118.3 98.,2°
= (o]
v 145 39.8 81.5
v 229 0.75 84.0°

* SUNLINE TO TRACKER CENTERLINE
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FIGURE 8-28

SUMMARY OF STAR TRACKER GLINT & IMAGS DISSZCTOR TUBE DEGRADATION

1V, & V - BORESIGHT TOWARD SUX

STAR MAP VOLTAGE INITIALLY FIGH - DiHGRADED WHEN CST WAS Ol - RECOVERZD

IN TIMS

TURN CST OFF/ON WHILE LOOKING AT CANOPUS TO ACQUIRE

USED HIGE GAIN ANTZINA AS ATTITUDE CHECK AND BACKUP

USED MOO!" FOR LUNAR OREIT INJECTION ROLL REFEREZNCE O L.O. I

TURNED CST OFF DURING SUNLIT ORBIT PEZRIODS, GYRO Il RATSZ INTEGRATE
MODE

UPDATED GYRO ROLL ATTITUDZ WITH CANOPUS TRACK DURIIG SUL OCCULTATION
PERFOR?&]D SXPERIMENT TO SHADZ OMNI ANTENNA AND IDENTIFY CLINT SOURCE
ON L.O. I

SUNLIGET CLOSZD BRIGHT OBJECT SENSOR ON L.O. V AT SMALL ANGLE TCWARD

SUN

& IIT - DORSSIGHT AWAY FROM SUI
GLINT REDUCED FROM L.O. I

INITIAL STAR MAP WITHIN 10% OF GROUND TEST

SUNLIGHT DZGRADATION TESTED BY TURNING CST ON ONLY DURING SUN
OCCULTATION

ROLL ERROR CEECKED WITHIN TELEZMATRY ERROR FOR 360Y MANEUVERS
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of the following:
1) Star simuletion for calibration of the sensor.
2) "Bright object” simulation of nearby planets.
3) Spacecraft level glint simulation.
4) Dsrk room glint suppression.

5) Star Tracker component evaluation under realistic operating
conditions.
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8.4 FLIGHT ELECTRONICS CONTROL ASSEMBLY

The Flight Electronics Control Assembly, shown in Figure 8-29, interfaced

with each spacecraft system to control all timing and sequencing of spacecraft
events. All elements of the G&C system werc interlinked by this unit and
functionally it was a part of each of the four G&C subsystems discussed in
sections 3.0 through 6.0. The weight of the assembly was18.13 1bs. The average
power used in sun (at 32 volts) was 42 watts; the power used at night (21 volts)
was 32 watts., This assembly consisted of two distinct sections, the Programmer
and the Closed Loop Electronics (CLE). The Programmer was a low-speed digital
data processor, with memory capacity large enough to provide 16 hours of control
from stored commands and a 29.1 hour clock. The Closed Loop Electronics, which
was basically all analog in operation, performed the task of attitude control.
It accepted error signals from the gyros and sensors to control the reaction
thrusters and thrust vector control actuator in response to mode commands from
the Programmer. These two sections, Programmer and CLE, will be discussed
individually in the following paragraphs.

8.4.1 PROGRAMMER DESCRIPTION

The Programmer portion of the Flight Electronics Control Assembly was a serial
data processor, operating at a bit rate of 2.4 KHz. The programmer contained
a 21 bit, 128 word memory. The uunit could execute either real time or stored
program commands. Commands transmitted from the ground could provide for
program updating, revising. or initiating the program routine as the mission
progressed. The programmer is shown in the functional block diagram of Figure
8-30

The programmer has a hard line input function which controlled two modes of the
system for ground checkout. One mode prohibited execution of the stored pro-
gram, but allowed memory loading and verification. Discrete real-time-commands
could override this control. The second mode allowed normal execution of -
stored commands, real-time-commands, memory loading and 11 spacecraft function-

al interrupts.

The Programmer is described by discussing the functions of the individual
blocks shown in Figure 8-30.

Signal Conditioner - provide input and output circuit isolation, proper
external voltage levels, noise suppression, and minimized susceptibility to
radio frequency interference.

Command Register - This 20 bit register held stored program commands from
memory or real-time-commands from the command decoder and provided complemented
and uncomplemented, parallel outputs to the output matrix dccoder. The register
also held time, velocity or attitude constants for comparison with integrated
values during event timing and maneuver sequences.
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Figure 8-29:  FLIGHT ELECTRONICS CONTROL ASSEMBLY
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Mode Control Register - The mode control register accepted command information
and nine signal interrupts from spacecraft telecommunications, two occultation
signals from the attitude reference subsystcem, and cne from the photographic
subsystems. It set up the flight programmcr for:

1) Real time or stored-program operation;
2) Interrupt commands (stop stored program and execute ncw command word);
3) Information requests (telemetry and “pacecraft time).

Input Parity Checker - The input parity checker checked the command words
transmitted from the ground through the communications command decoder for
even parity.

Function Control Register - The function control register hcld the present
five-bit operation code and functional mode of the programmer and combined

them with timing to direct the information flow. The function control register
also controlled changes in the programmer operating mode.

Adder - This unit was a half-adder and had logic circuitry which added 1 bit
at a time to a value stored in the memory. The adder was used to add time,
position and velocity increments, and to increment addresses.

Velocity Conversion Register - The velocity conversion register detected the
difference between two input frequencies. The sum of the two frequencies

was constant; the difference rate was variable and proportional to the acceler-
ation measured by the accelerometer. The difference frequency was scaled

into 0.1 foot-per-second increments for midcourse and orbit insertion velocity
changes.

Memory Address Register - Seven address bits, held in this register, con-
trolled the addressing of words read in or out of the memory. Addressing

of special-purpose memory words, as commanded by the function control register,
overrides, but did not destroy, the contents of the memory address register
flip-flops. This technique allowed all indexing and address-modification-
registers to be contained in the memory instcad of external flip-flop-registers.,

Memory - The memory consisted of a magnetic-core plane with associated dis-
crete part read-and-write circuitry. The memory contained 128 word storage
which could be randomly selected. Read in,rcadout of the 21-bit word was
serial, controlled by an internal counter. The basic bit cycle was read/
modify/write. The memory accepted data from the command register and adder.
Eight specific word locations were employed as spacecraft time-accumulation-
register magnitude-integrating-register, nexlt instruction-addrcss-register,
store program word-address-register, Sun and Canopus occultation time recording
registers, interrupted instruction and address-register, and telemetry word-
transfer. The use of these special word localions reduced the number of
active circuit registers. This resulted in o reduction of powcr consumption
and weight.
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Voltage=-to-Frequency Coaverter - The voltage-to-frequency converter accepted
an enalog rate voltwu - e from the gyros in the (nertial reference unit, which
it converted to equivalent digitel pulses. The digital pulses were inte-
grated during a maneuver and compared to a constant value corresponding to
the desired maneuver. Equality terminated the maneuver command.

Paritzggeneration and Checkins - This unit provided buffering between the
memory and the programmer logic. The parity generator provided an even
parity bit in bit-position 21 for words transferred into memory. An even
parity check was performed on the words transferred out of memory.

Comparator - The comparator provided serial comparisons between a constant
value from the cormand register and an incremented value from memory.
Twenty-bit time words, and 15-bit attitude and velocity magnitude words
were compared. When comparison was reached, the comparatédr provided a logic
signal which caused the programmer to proceed to the next instruction.

System Clock - There were two crystal oscillators in the programmer (for
redundancy). Each oscillator drove a countdown register from which all pro-
grammer frequencies and timing were derived. The crystal oscillator was
assembled with discrete parts and provided a basic 6l4.4 kc output frequency.
The oscillator provided an extremely stable, jitter-free clock frequency with
an accuracy of 1 part in 106. The countdown register generated O to plus L.5
v.d.Cc. square-wave trains of the following frequencies: 614.k ke; 307.2 ke;
153.6 kc; T76.8 ke; 38.4 ke; 19.2 ke; 4.8 ke; 800 eps; 100 cps; 50 cps; and
10 cps.

Redundancy Control - The redundancy control provided switching, in event of
failure, between the two countdown registers. Control was exercised by a
real-time command from the command decoder.

OQutput Matrix Decoder - Decoding matrices and necessary logic elements pro-
vide unique commands and signal formats to all required spacecraft subsys-
tems. Pulse cormmands, on-off commands, timing bursts, and gated sequences
were formed in this unit and were sent to the signal conditioning unit for
output.

High level signals and their drivers were electrically and physically iso-
lated from low-level signals and devices. High-level signal circuits were
enclosed in the Switching Assembly which is discussed briefly in paragraph
8.&0302.

Flight Control Switching - Commands from the output matrix decoder, and Sun
and Canopus presence signals were combined to provide mode commands for the
attitude control subsystem in roll, pitch, and yaw axis, as well as turning
the IRU on or off, switching the gyros between rate or rate integrate modes,
and turning the accelerometer "on" or "off" (actually this latter only closed
or opened the rebalance loop). Accelerometer excitation and temperature con-
trol were always "On" whenever IRU power was on.

DC to DC Converter - Converted spacecraft voltage (+ 32 to + 21 vdc) into
plus 4.5 volts, plus 6 volts, plus 15 volts, and minus 15 volts for the
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integrated logic circuits, memory and signal conditioning. The converter
provided voltage to the switching assembly snd + 15 and - 15 volt signal
reference voltage to the thrust vector actuator.

Command-Word Format - The ground-transmitted command word consisted of 22
{nformation-bits. The order of transmitting the information word began with
the least significant bit. The ground-transmitted word format was received

by the command decoder, verified and transferred to the programmer on re-
ceipt of an execute tone. The 22nd bit was a parity bit which was checked

as the command was transferred into the prograumer. The first bit was used

to identify either a stored-program mode or real time mode of operation and was
separated out as the word was transferred from the command decoder and used

to set up the proper execution of the word. Word fcrmat is illustrated in
Figure 8-31.

Instruction Sets - Command word instructions were separated into two sets:
those instruction words that control internal functions of the programmer;
and those instruction words that control other spacecraft subsystem func-
tions.

Internal Instructions - The internal operation performed was designated in
the command word by pits 2 through 6. The 9 internal codes were:

1) Telemeter Memory (TEM). This command was used to verify specific stored
commands.

2) Wait Time (WAT). This instruction was used as a delay between stored
commands .

3) Compare Time (COT). Instruction was used to initiate an event at a
desired spacecraft time. The address was indexed each time the command
was executed.

L) Execute Magnitude Minus (EMM). A magnitude command with a minus sign
to control the mareuver direction.

5) Execute Magnitude Plus (EMP). Same as EMM except for sign.
6) Store Program Address (SPA). Command designated the address where the
next stored program word transmitted from ground was to be stored.

The address was indexed cach time a stored program word was received.

7) Terminate (TER). A resl time commend used primarily as a backup command
to stop a comparison of time or magnitude.

8) Juny (JMP). The stored program under execution was interrupted and
the programmer Jjumped to the address designated.

9) Jump Modified (JPM). Same as jump except the address was indexed and
there was no limit to the number of repeated executions.
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External Programmer Commands - Seven operation codes provided magnitude
commands, end six operation codes provided discrete functions in indepen-
dent order. Al)l spacecraft commands could dbe issued as real time or stored-
program commands. Description of the external codes follows:

1) Velocity - Low Thrust (VEL) - The fifteen bits of binary magnitude were
equivalent to the desired velocity change in 0.1 foot-per-second incre-
ments. The command caused thrust engine burning and integration of the
resultant acceleration which was compared to the fifteen-bit constant.
When equality was achieved, the VEL command was terminated and the pro-
gram advanced. In the stored program mode, the command was valid only
when addressed by an internal EMP command.

2) Pitch Plus (PIP) - The fifteen-bit binary magnitude was equivalent to
1/100th of a degree of angular movement about the pitch axis. Integra-
tion-of-gyro rate was compared to the constant and equality terminated
the command. In the real-time mode, the command was used directly and
caused & plus rotation. In the stored-program mode, the command was
valid only when addressa2d by an internal EMP or EMM conmand.

3) Pitch Minus (PIM) - Same as PIP except for sign.

4) Roll Plus (ROP) - Same as PIr except movement is about the roll axis.

5) Roll Minus (ROM) - Same as ROP except for sign.

6) Yaw Plus (YAP) - Same as PIP except movement was about yaw axis.

7) Yaw Minus (YAM) - Same as YAP except for sign.

8) Discrete Commands (COM, CON, ACF, ACS, DHS, DAE, DZP, CAP) - The eight
operation codes were combined with their respective fifteen-bit func-
tion codes to produce up to 15 unique functional commands per operation
code. The function commands were fifty-millisecond pulses to the re-

quired spacecraft subsystem or to flip-flops for control of on-off com-
mands. The total number of discrete commands provided was as follows:

Photographic Subsystem 23 Commands
Communication Subsystem 12 Commands
Structure and Mechanical Subsystems 9 Commands
Attitude Control 27 Commands

Programming - Maximum efficiency of storasge cpace was obtained by combining
individual discrete functions into subroutines that were addressed from a
master sequence and reusing as many subroutines as possible. Discrete com-
mand words were formatted to provide a maxirum number of independent sub-
system functions that could occur simultaneously. A program flow diagram
is shown in Figure 8-32. Each subroutine returned the program to a compare
time which will control the time when the next event was executed. The
mission profile command decision block was a series of jump commands which
directed the program to the various subroutines.
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The programmer clock was implemented with a 20-bit word that was incremented
every 0.1 second, and provided a 29.l-hour recycle period. The compare time
(cOT) command is only capable of equality comparison for & specific time
within the recycle period.

8.4.2 PROGRAMMER REQUIRZEMENTS

The programmer requirements evolved progressively with more detailed defini-
tion of mission and subsystem requirements. As subsystem changes occurred,
it was expected that the programmsr could accomucdate them. In this sense,
there was no firm specification on the totel requirements until after the
critics)l design reviews of all subsystems and of the total spacecraft. The
environmental requirements were the same as for other equipment on the
equipment mounting deck. The relisbility allocation was .9u9.

The requirements for the programmer (as it was finally built) are listed
below:

1) Command Capability, Sequencing, and Priority

The programmer shall decode, time, properly sequence, and execute the
necessary stored program, real time commands, and signals to the
following spacecraft subsystems:

l. Attitude Control Subsystem
2. Velocity Contrecl Subsystem
3. Reaction Control Subsystem
4. Communications Subsystem
5. Photographic Subsystem

6. Switching Assembly

y Power Subsystem

The programmer shall receive, condition, and utilize the necessary
commands, power, and signals to accomplish the foregoing. Command
execution sequence and reprogramming shall be as specified in the
spacecraft mission event sequence and time line analysis. Real time
commands shall take priority over stored program commands.

In addition, the programmer shall provide sufficient storage to con-
trol the spacecraft for three (3) lunar orbits.

2) Interrupt Capability
The programmer shall provide the necessary circuity to permit inter-
rupting of the stored program under execution by a real time command,

the execution of the real time command, and the restoration, if feasi-
ble, of the stored program that was interrupted.

3) Program Verification
The programmer shall provide the capability to telemeter information

from various programmer points such that banic program execution and
operation of attitude control system can be monitored.
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10)
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Time Reset Capability

The programmer shall provide the capability to reset the spacecraft
time to any vslue upon real time command. In addition, spacecraft
time shall be reset to zero by external hard line control.

Time of Commaand Execution

The programmer shall provide the capability of time dependent execution
of commands to an accuracy of plus or minus (+) eight-tenths (0.8) of a
second over an eight (8) hour time interval. ~The accuracy shall be
based on the component's recording of time.

Time Generation and Recording

The programmer shall provide the capability of generating and recording
time for a twenty-four (24) hour period with a resolution of one-tenth
(0.1) of a se~ond and a stability of one-tenth (0.1) of & second over
an eight (8) uwour interval. This capability to be repetitive with no
loss in resolution or stability.

Execute Attitude Maneuvers

The prograrmer shall provide the capability at designated times of exe-
cuting commanded three (3) axls attitude maneuvers and deriving space-
craft position frcm angular rate information, either as a function of
stored program comiends or as a function of real time commands. In
addition, the programmer shall provide for removing the spacecraft
attitude control from control by spatial references and restoring the
spacecraft attitude control to control by spatial references.

Execute Velocity Maneuvers

The programmer shall provide the capability at designated times of exe-
cuting commanded velocity maneuvers and deriving spacecraft velocity
from linear acceleration information either as a function of stored
program commands or as a function of real time commands.

Spatial Reference Acquisition

The programmer shall provide the capability at designated times of exe=-
cuting commanded maneuvers and accepting pertinent information as to
acquisition of spatial references, to acquire spatial references elther
as 8 Junction of stored program commands or as a function of real time
commands .

Computsation

The programmer shall provide the capability to add and compare numeri-
cal (binary) magnitudes, to detect one (1) part out of eight hundred
and sixty-fcur thousand (864,000), to integrate angular rate expressed
as d.c. voltage, and to integrate linear acceleration expressed as the
difference between two (2) pulse trains.
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8.4.3 PROGRAMMZIR DEVELOPMENT AND OPERATION

Design chj2ctives were defined in the programncr functionsl requirements
specificetion. It was anticipated that many hundreds of photographic
sequences would have to be transmitted to the :spacecraft and therefore it
would be desirable to minimize the number of commands required to perferm
those sequences. This resulted in the decision tc build a system which
would require transmission of only the sequence variasbles. It was also
recognized that all the functions required to bLe performed by the program-
mer could not be established firmly and thereforc a flexible design must
be developed which could handle changes in producing command and command
sequencing. Additionally, the flight programmer must have sufficient flexi-
bility to be eble to accommodate changes in the mission. Reliability was
to be given -high priority in both design and component selection.

8.4.3.1 Programrer Trade Studies

Prior to actual hardwere design, trade studies were pursued to establish
the best design approach. The most important trades are described in the
follcwing parsasgraphs.

One of the initial studies traded capability of executing only stored pro-
gram comuands in the programmer versus the execution of both real time and
stored program commands. The trade study ccnsidered incorporation of real
time decoding matrix circuitry in the command decoder subsystem, or incor-
poration of these same decoding functions in the programmer. Since the pro-
grammer had to provide essentislly all of the same commands (in storage) to
control the spacecraft, the same deccding circuitry could be used for both
functions. This resulted in a reduction of total required hardware.

A second trade study was conducted to establish whether the programmsr should
be made redundant or only single thread. The results of the trade study
showed that the single thread system would meet the reliability requirements
established for the | rogrammer and that providing a second redundant system
would be expensive in both weight and power.

Improper execution within the programmer was given serious consideration
since any malfunctions during critical operational periods would either be
relatively catastrophic to the mission or would execute photographic
sequences not previously planned. An even parity bit was included in the
words stored in memory to prevent a single bit error from causing improper
command execution.

Early in the design phase a trade study was made to select the type of
electronic circuitry to be used for the programmer. The trade involved the
selection of integrated circuits versus discrete component circuits. 1In
196k integrated circuits were just beginning to be mass produced and there
was a very definite question as to their relisbility for use in the program.
The trade study showed however, that the number of components, their size,
weight, and volume which would be required to build the system with discrete
components would be prohibitive. Therefore, the decision was made to use
integrated circuits. This approach affected other subsystems within the
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spacecraft. Since the programmer used integrated circuits the decision was
made to use the same components for the command decoder and photographic

subsystem digital circuits.

Timing for the spacecraft was required to be ~ontrolled in 1/10 of a second
increments over a 16 hour period of operati.a. is required a crystal
oscillator freguency stability of cone part in 10°, Since the clock was

vital to spacecraft control and there was some question &s to the reliability
of the oscillator, the decision was made to use two of them, each with its
own countdown chain, with the provision to switch between them in case of
failure.

A trede study was conducted in the initial design of the programmer to deter-
mine if information transferred within the programnmer should be accomplished
in a serigl menner or in a parallel manner. Since power, weight and volume
vere critical parameters for the design of the spacecraft, it was evident
that a minirmum number of integrated circuits should be utilized in the design
of the computer. Serial operation was selected because it did provide a
minimal number of circuits. The selection of serial operation for the pro-
grammer required the magnetic core memory output information be transferred
serially to the rest of the programmer circuits.

The size of the magnetic core memory was dictated by the number of command
words required to be stored for 16 hours of mission operation. From study
of the mission profile and the photographic sequences and maneuvers required,
it was immediately evident -that the development of a stendard program where
all command words are stored independently for each of the manguver sequences
would cause the number of words required by the programmer to approach 512
words. Since & memory of this size exceeded the initial estimate, it was
apparent that some method must be incorporated in the programmer design to
reduce the amount of magnetic core memory. The most obvious solution was

to make the programmer execute repetitive sequences wherever possible in

the mission programming. It was estimated that approximately 30 command
words would be required to execute a single photographic sequence. Within
this sequence however, only 8 words were required to be modified to accom-
plish a second sequence. By developing special instructions it was possible
to progrem 7 photographic sequencies (16 hours of operation) using only 120
words of memory. From this information the magnetic core memory for the
fligh* programmer was determined to be 128 words.

The programmer was required to command and fire all spacecraft pyrotechnic
devices. A trade study was conducted to determine where to put the riring
circuits and what kind of circuit configuration should be used. Since the
pyrotechnic circuits were required tc supply 5 amperes tc the pyrotechnic
bridge wires, it was decided that these circuits should be separated from
the flight programmer in order to eliminate any RFI problems. These pyro-
technic circuits were then put in & separate unit called the switching
assembly and physically displaced from the vicinity of the programmer
electronics.
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8.4.3.2 Switching Assembly

The block diagram of the switching assembly is shown in Figure 8-33. Low-
level signals from the programmer were couverted in the switching assembly

to high-current (5-10 amperes) or voltage level (28 volt) signals. The
switching assembly weighed 6.3 1lb and used 2.5 watts power continuously in
addition to the short current pulses fcr the discretes. The arming switches
were closed by umbilical command and their actuation monitored prior to
launch. The inhibit switches provided further protection egainst inadvertent
firing of the squibs. The squib drivers were directly connected to the squid
bridgewires. This assembly provided isolation of large signal-transient and
electro-magnetic fields from other equipment.

8.4.3.3 Programmer Testing

Upon completion of fabrication, the programmer units were subjected to a
series of tests to demonstrate that the units complied with all specified
design requirements. The three classifications of test at the unit level
were (1) the Flight Acceptance Tests, (2) a Qualification Test, and (3) a
Reliability Demonstration Test. The units were also required to pass similar
Spacecraft Level Test Requirements.

The System Design Verification tests provided important operation and perfor-
mance information about the programmer when combined into the operating sub-
systems. One of the most important of these tests was the Attitude Control
Subsystem test on the Air Bearing Simulator. The inability to execute stored
programs and the resulting changes are discussed in section 3.0.

One major problem arce and two major potential problem areas were discovered
during component testing. The first potential problem area was noted during
the vacuum thermal portion of the flight acceptance test on the first pro-
grammer unit. During this portion of the test, what was considered an exces=-
sive number of failed components and solder connections were noted. As this
unit had passed the pre-functional test without detection of these defects,
temperature tests were initiated at the board and module level to detect and
correct these defects before final unit assembly. The second potential pro-
blem area was discovered later in the testing program. It was found that
the static discharge from personnel wearing nylon garments when handling
micrologic components was sufficient to cause component failure. is pro-
blem was allevisted by requiring all nylon garments to be replaced by cotton
garments, and that all personnel "ground" themselves before handling any
components.

The one major problem that was detected during testing was & micrologic
module contamination problem. The problem was associated with a certain
lot of modules. One hundred and thirty-four of 214 modules that were re-
ceived from that particular lot indicated evidence of contamination. The
contamination appeared as a brown or black amorphous material on the outside
of the micrologic case surrounding the external gold plated leads at the
case lead interrace. The contaminant was conductive and when spread from
lead to lead resulted in a short circuit. The contaminant was metallic
lead which resulted from a module sealing procedure by the manufacturer.
The problem was corrected by replacing all modules that were received from
that particular lot.
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Of the failure reports made with respect to the programmer during testing
epproximately 39% of these reports were attributed to design, fabrication
and workmanship deficlencies; LL% were attributed tc test procedure, test
equipment,and test personnel errors. The remaining 17% was attributed to
part failures and causes listed as unknown. The above figures do not in-
clude part failures detected at module and board level tests.

8.4.3.4 Programmer Mission Performance

Performance of the programmer end switching assembly was satisfactory on
all flights. For convenience, the pertinent data is summarized in Figure
8-34. There were no known hardware failures. There were instances of
anomalous spacecraft operation that occurred. The unexpected or unusual
events are discussed in the brief i the following:

Mission I - Primary Mission Phase

Command activity, although planned in minute detail before the start of the
mission had to be completely revised. This resulted in occasional frantic
cormand activity due to late definition of modified mission parameters and
late parameter changes. However, all mission requiremcats were met, with
only two wrong commands being transmitted to the spacecraft.

Missica I - Extended Mission Phase

During the extended mission activities, performance of the programmer was
nominal, with the exception of & low voltage condition encouviitered on day
288 of 1966. This condition resulted from a series of improper maneuver
commands being transmitted to the programmer and was discussed in section
T.0. The battery voltage of the spacecraft was insufficient to maintain
the proper logic levels on the programmer. This resulted in improper cpera-
tion. It should be pointed out, however, that the programmuer was operating
correctly with a spacecraft buvs voltage of only 17 volts. The minimum volt-
age design requirements was 21 volts. The programmer was also subjected to
temperatures in excess of the design or test requirements with no malfunc-
tions.
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Mission II

This was the longest of the five missions yet had the least amount of diffi-
culty with the programmer. Although both tempcrature and voltage limits
beyond the programmer design requirements occurred, there were no anomalies.

Mission III - Primary Mission Phase

During Mission III a programming error resulted in failure to generate &
photo activation time code for the photos of site III P-l. This error re-
sulted from a deviation from the planned photo command sequence and misinter-
pretation of programmer operation by the command programmer analyst. The
deviation from the planned command sequence was to accommodate a real time
command to change camera shutter speed.

Mission III - Extended Mission Phase

During the extended mission phase, it appeared that the flight programmer
unit was malfunctioning. On several occasions memory storage locations
were found to be altered and improper command sequences to have been exe-
cuted. It was determined that commands transmitted to other spacecraft
concurrently in Lunar Crbit were accepted as valid commands by the Mission
III spacecraft receiver and were issued to the flight programmer either for
storege or execution. Although each spacecraft had a separate address code,
it was not adequate under conditions of weak signal strength, to exclude
extraneous bits being received. The problem was alleviated by controlling
transmission times with respect to spacecraft orbit locations. Also the
radio frequency of the spacecraft being commanded was pulled away from the
other spacecraft receiver frequency by the DSIF uplink while in lock with
the spacecraft receivers.

Mission IV - Primary Mission Phase

Subsystem anomalies during the missicn resulted in numerous non-standard
command sequences being transmitted to the spacecraft. As a result of this
increased command activity, three programming errors were made. The first
error was due to the failure .  update a modifiable command. This caused
initiation of a wrong command sequence. The se¢cond error was the premature
termination of a maneuver by the inadvertent execution of a real time com-
mand that was being held in the command decoder. The third error resulted
in the late initiation of a command sequence and was caused by misinterpre-
tation of a command sequence by the programmers. None of these errors pro-
duced serious, irrevocable conditions.

Mission V

Command activity was considerably reduced and improved during mission V with
respect to earlier missions. This was due in part to further improvements
in the information flow to the programmer snalysts by the other mission per-
sonnel and the earlier acquisition o' required mission data that was neces-
sary for incorporation into the command sequences.
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8.4.4 Programmer Conclusions and Recommendations

The programmer provided satisfactory control ail sequencing of spacecraft

events throughout all missions. 1In addition to satisfying all design re-

quirements, it provided the flexibility to accomuodate both mission anom-

alies and changes in mission objJectives. Bascd on the experience with the
Lunar Orbiter programmer, the following conclusions are made:;

1)

2)

3)

The selection of & simple, straightforward, single thread design with
limited redundancy (redundant oscillators and countdown chain) resulted
in a unit that was reliable and easy to opcrate. The reliability dewon-
strated by the units exceeded the reliability allocations of the design
requirement. Being straightforward and easy to operate was of particu-
lar value to both the test program and to mission operations personnel.

The selection of special instructions and the use of subroutines were
effective in minimizing the amount of memory required to accomplish
any specific mission task.

Possible deleterious effects of EMI to the low level logic circuitry
was avoided by the decision to place all high current or voltage
switching circuits (such es squib and engine valve drivers) in a
physically separate unit (the switching assembly).

Recommendations for "doing differently if one had it to do over" are:

1)

3)

L)

Verification of programmer storage was difficult. It required one
ground transmitted command for each word telemetered. Provision should
have been made to allow block transfer of the entire magnetic core
memory to verify the informstion stored there. This would have aided
test significantly. The decision on the program not to incorporate
this capability was made on the basis of minimizing parts count for
reliability purposes.

The programer was implemented with a half adder. A full adder should
be implemented to allow for incrementing and decrementing of time and
magnitude values for greater flexibility in command execution. Here
again the decision against such inclusion was based strictly on parts
count or reliability. Significant operational flexibility would have
been gained by such an adder. Work-around methods on programming
would have been simplified thus reducing the load on operations per-
sonnel.

The storage capacity of the programmer was only 128 words. As such
the unit had to be remapped periodically throughout the missions
placing heavy reliance on the data link. A greater storage capacity
would have reduced the continuous mapping nnd search for storage
locations during missions operations.

Programming of the system would have been ecnsier if the "modified Jump"
command had been limited to a specific numbr of executions. This
would have allowed more flexibility in the transfer between subroutines
and also reducing the load on ground operatlons perscnnel,
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5)

6)

7)

8)

Provide for a more general purpose instruction set to permit greater
flexibility in recursive programming to minimize storsge space., It
would ellow mexdmum use of progrsmming techniques to minimize pro-
grarming loads and coding errors.

Maneuver commands were executed through & comparison of accumulated
magnitude and the comranded magnitude. A timed backup should be pro-
vided in case of breakdown of the comparison process.

The programmer was implemented at the time of development with state-
of-the-art hardware, However, with the advance in technology, consi-
deration should be given to newer low power devices which could reduce
power requirements by a factor of k.

Cordwood module interface circuits should be replaced with integrated
circuits.
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8.4.5 CLOSED IOOP ELECTROIICS DESCRIPITIOL

The Closed Loop Electronics (CLE) wus located in the Flight Electronics Control
Asseibly. Functionzlly the unit was a part of the Attitudle Control subsysten
discuss2d in Section 3.0. The CLE circuit schematic is shown in Figure 3-35.
The unit was basically ell analoZ in operation but provided digital (ON-OFF)
type control siznals to the reection control jets.

Specifically the CLE perforred functions of e:plifying, shaping and discrinina-
ting signals from the inertisl reference wnit, celestial sensors, and the
flight programzer. It accepted signals in all three axes fro: the IRU rate or
rate integrate modes. The unit also connected and disconnected celestiel
reference sensors upon comniand fron the prograrrer.

The closed loop electronies circuits were designed around the power supplied
by the progrerrer, which was + 15.0 VDC, +6.0 VDC and + 28.0 VDC. The unit
consisted of T2 solid state circuits of 23 configurations.
8.4.6 CLE REQUIRRENTS
The CLE was required to accomplish two primery tasks.
1) The CLE shall provide for the :ontrol of three axis attitude control
thrusters as a function of spatial reference signals, spacecraft
dynamiecs, and inertial sensors. In addition, the CLE shall provide

for the control of attitude control thrusters as a function of
attitude cormands, anguler rate, and spacecrafi dynaniecs.

2) The CLE shall provide anelog displacerent error signals to the pitch
and yaw thrust vector control sctuators as & function of inertial
reference position signals and spacecraft dynanics.

These tasks were satisfied by performing the following functions.

1) Close rste and attitude control loops with inputs from inertial
reference unit, sun sensors, and star tracker.

2) Provide leed/lag compensation on inertisl reference unit attitude
signals for reaction control and thrust wvector control.

3) Amplify end linit sun sensor outputs.
4) Accept node switch cormands from the programer.
5) Provide valve drivers for plus and minus thrusters in three axes.

6) Provide "one-shot" to thrusters for minirmunm impulse bit operation.
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8.4.7 CLOSED LOOP ELECTRONICS DEVELOXIZNT AND OPERATION

The detailed circuit paraeters ol the Closed Loop Electronics were dictated
by the functional interface requirerents of the chosen Inertiesl Reference Unit
and the reaction control systen. As such the alternatives aveilable to the
designer were relatively lirmited. The circuit techniques, being linear, were
straight-forvard and had e proven history of past usaze for this type of
epplications. The uost critical problens were: 1) achieving high reliebilitiy
eircuits throuzh worstecase design rethods, 2) the selection of cormponents
that would enhance operational integrity, and 3) the mininization of the
power dissipation of the unit.

A prinary considerestion in the design of the CLE was to keep the power level
as low as possible. This meant the circuits were to be designed with
performance characteristics secondary to power constraints. This objective
was met with a final power dissipation figure of 0.4k wetts in normal opera-
ting mode end 25.5 wetts with everything turned "on" inecluding four thrusters.
This was considerably less than was possible to attain with coercially
available operational arplifiers. This saving was accomplished by optimizing
each circuit to the task performed, and by Jjulicially keeping power driving
steges of the circuits in the "otf" state during quiescent conditions. The
perforuznce capebility of the sun sensor operationel erplifier, which is
typical of nany CLE circuits, is shown in Figure 8-36.

8.k.7.1 DESIGIH EVOIUTIOIN

The evolution of the closed loop electronic unit from a set of general require-
ments to the finel flight article wes one of continuous design iteration.
Starting with a set of preliminary input and output interface characteristics,
representative circuits were synthesized and breadboerded. The prototype
breadboards were then tested under worst case conditions in voltage variations
and terperature extreres. As detail reguirerents evolved and became more
definitive, the breadboards were modified and retested to more stringent
design parareters and tolerances. The developrent of the CLE did not encounter
any najor problems. The rmost significant design events are discussed in the
following parsgraphs.

The unit originally required zero crossing detection circuits that acted on
gyro position outputs end celestial sensor outputs with the objective to reduce
the limit cycle deadband contribution to reneuver error. These circuits were
deleted prior to the eritical design review after analysis indicated the gein
derived did not offsst the penalties incurred in design complexity. In the
design of signal switches, an investigation was conducted on the advisability
of solid state switches versus relays. Relays were rejected for reliability
considerstions. The choice was for solid-state switches with "Field Effect
Transistor" output stages.

Though not a major problen, difficulties were encountered in how best to

determine the "eliveness" of the clos2d loop electronic unit when mated to
the IRU, ceclestial sensors, and the reaction control system. Test points
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were edded, along with signel conditioning circuits for teleretry unonitoring
functions, to permdit operational checks. The objective was to be able to iso-
late a failed unit to the black box replacerent level. In this sense the check
points provided were adequate.

Protection of the reaction control thruster driver aiplifers required that
coil induction voltayge suppression by provided to limit the voltage spike which
appeered ecross the output stage of the amplifier when the coil of the solenoid
wes turned off. Any voltage limiting placed across the coil increased the
drop out tire of the velves end thereby increased the minirmum pulse of the
Jets. The originel circuitry designed to limit the voltage spike perforied
the function adequately; but was subsequently modified when more realistic
information on the 0.05 lb. thruster solenoid and drop-out tiie requirerents
becare availeble. Tests to optimize the valve off delay showed that the
inductive kickback suppression diode voltege umst be inereased to about 22
volts (see Section 4.0 for details). The power ratins of the diodes was also
increased to withstand higher power surges. The actual change effected put
two of the diodes previously selected in series because they were on the
approved part list end available from stock.

The spacecraft design end analysis progressed in parallel. This required that
sore provisions be made to allow selection of electronic part values quite
late in the design cycle. The latest planned change which occurred was the
thrust vector control compensation networks. Resistor and cepacitor velues
were finally firmed up after the simulated closed loop thrust vector control
subsystem test conducted in the fall of 1965. Again, the precise values used
were selected on the basis of approved availeble parts which differed only
slightly from those desired.

8.1‘0702 FEIJIABILITY

Reliability of the closed loop electronics unit was achieved through worst-
case design techniques, failure mode effect and criticality anelysis, and
through careful selection and screening of components. Each CLE circuit was
breadboarded and subjected to gunctiom operation checks, including evaluation
at temperature extreres of -30 C to +70 C prior to final packaging. Modules
that failed under functional tests were dissected and analyzed to deteriine

the failure modes. The information was fed back to the production people to
prevent future problens.

Heavy emphasis was place? on corponent selection and parts derating. 086 per-
cent of the resistors were stressed at only one percent of the rated power and
only two resistors were erployed at 20 percent of rated power. All trensistors,
except for six, were used at less than one percent of rated power. The six
were used at 20 percent of rated power, and subjected to no instantaneous
voltages higher than 50 percent of rated voltage. All diodes were used at less
than one perrent, except for 12 that were used at 15 percent of rated power.

Of the capacitors, 12 were used at less than 45 percent of rated voltage, 15
were used at less than 35 percent, 20 were used at less than 15 percent and the
remaining 16 capacitors were used at less than three percent of rated voltage.

168

— gl ] e g o —

R —— _ e

REPRODUCI ORIGINAL PAGE IS POOR.




p2-114277-3

The final closed loop electironies confijuration had & predicted failure rate
of 2.Th5 x 10'6.

8.4.7T.3 PACKAGING AlID MAIUFACTURLG

The closed loop electronic eircuits were discrete component transistor-
resistor circuits end *mre packeged in welded cordwood odule confligurations.
The individusl rolules were soldered to CLE nodule umother boards which axre plug-
in type oand are corpletely replaceable and interchangeabls. Conceptually
this teclinigue is relatively straight-forwerd and per.its the greatest packing
dansity for an ellocated voluwe. However, because of this nced for high
density, electrical and febrication probleins were encountered. Sore circuit
leyouts were found to be susceptible to eross-talk interference between the
input ani output signal peths resulting in circuit oseillations. This problen
wes eliminated by modifying layout of sensitive components. Fabrication
difficulties were the result of imuaturity of menufacturing processes. The
najority of failed moiules resulted from poor worknanship or careless hendling
of parts, i.e., poor or broken welds, use of components with erroneous valwes,
overstrzss components, etc. Manufecturing slso encountered many unforeseen
problexs in impleienting the electro-deposited solder process for cordwood
rmodules and wes fineally required to switeh to the use of a conveational KPR-
resist type of etchel cexrd coated with electrolisis tin in order to meet the
schedule. A corolleoxry to this problem was the procurerent of parts under
Minutermen specification with tinned leads which were not conducive to L.O.
manufacturing processes. This required rework of leads prior to use.

fodules which tested satisfactory prior to application of potting corpounds,
failed tests following potting. The potting processes and compounds enployed
stressed the components and caused georetricazl chenges, throwing the potted
rodules out of specified electriczl tolerances. Danage +to module header
pins wes also experienced as a result of poor potting procz2ss specificetions.
This wes allevicsted by using soft silicone rubber plugs arouni the heeder
pins entering into the ...lds allowing seepage of nmaterials and easy renoval of

plugs.
8.4.7.4 MISSIO:: FERFORMAICE

The Clos2d Loop Electronics performed satisfactorily on all five missicns.
There were only two indicctions of off nominel or out of tolerance operation.
During the extended mission phase of L.O. IV the plus pitch jet one-shot
appeared to be melfunctioning. The teleretry indication from which this was
deduced was & continuous piteh jet "on" signal with no accompenying change of
pitch rate or position from the edge of the deedband. Since the valve driver
took its signal frou the one-shot OR the switching anplifier there was no
epparent chaage of operation.

The second out of tolerance condition occurred during tne extended mission of
L.0. V. It appecred that the minus pitch threshold detector was triggering
at =1.1 volts instead of =2.0 volts. This shifted the deadband on one side.
The effect wns evidsnt in maneuver rate, especially in wide desdband, and in
lindt cycle operation.
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The wide dendband piteh minus reneuver rate wes -.20 degrees/sscond insteed of
-.09 degmes/seco:z-:’.. It wes estimnted that this caused the use of en extre
.25 pounds of N, gns over e 126 day period. The lindt cycle dealband wes
sirdlarly reducsd on the plus piteh side by epproxinately 50 percent in both
wide end nerrow deadzone. Since neither of these anomnlies Jeopardized the
prinary nission objective and had negligible effect on the extended rission
there wes no failure investigation made.

8.4.8 CLOSED LOOP ELECTRONICS CONCLUSIONS AND RECOMMENDATIONS
The najor conclusions of this study of the Closed ILoop Electronics are:

1) The things which contributed most to the success of the CLE design
were:

(2) Use of worst case design rethods.

(b) Selection of parts to enhance reliability, e.3., no part wes
used at greater than 50 percent of rated voltage; nost were
used at one percent of rated power.

(¢) BExtensive engineering developrent testing of breadboard circuits
and prototype asserblies as the design progressed, inecluding
evaluation at extremes of termerature of =30 degrees C end
+ TO degrees C.

(d) Use of proven well understood circuits.

2) The sbility to meke changes late in the design cycle was an important
asset of the design, e.Z., the finel values of the TVC corpensation
networks were dependent on total spacecraft dynamics and not availeable
until late 1965.

3) The use of welded cordwood modules enhenced the circuit integrity
once the process was completed satisfactorily.

4) The thermel design wes more then elequate for the power to be
dissipated.

5) Manufacturing processes introduced difficult problems to solve, e.g.,

the potting of modules, the tinned leads ou components were not
compatible with welding.
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Feecotendations for doing differently if one hal it to do over ave:

1) Peris procurerent specifications end selectiou should te checled
for cormativility and evellability belore releesing actuel febricetion
oxders.

2) The output chaanels of the CLE should heve beel tested et the coipo-
nent level with the expected i pedonce of the interfacing co.ponzni,
e.3., the TVC actuator Jitter prodlenms wien first tested on the
spacacralt.

3) Many of the operstionsl aplifiers end oller analog circuits coulad

now be repleced by integrated circuits if weight and power lindta-
tions demended.
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PRECEDING PAGE BLANK NOT FILMED.
8.5 THRUST VECTOR ACTUATOR

The thrust vector actustor was & new co.ponent which was developed to the
specific perforisnce, environrent, and envelope requirerents of the Lunar
Orbiter. The ectuator wes one corponent of the thrust vector control sub-
systern deseridbed in Section 5.0. The function c¢f the actustor was to position
the girbaled engine in response to error signels from the gyros and closed
loop electroniecs.

8.5.1 ACIUATOR DESCRIFPTION

The actuator was an electrouechanical position servo and is illustrated in
Figure 0-37. It was sealed end pressurized with nitrozen gas to T psia to
prevent problems with bearings and motor brush operation in the space vacuun
environrent, The velue of T psia was chosen so that the pressure differential
effects would be approxinately equal for sea level testiug as for vecuun
operation. The output shaft was an acie threaded Jackscrew which was sealed
by an accordian type retel bellows. The actuator position weas maintained at
each end burn position by switching off the 28 volt power to the actuator at
the conclusion of each velocity maneuver.

8.5.2 DESIGI REQUIREMENTS

Specific requirerents imposed on the ectuator are listed in Figure 8-38.
These were determined by the demands of the thrust vector control subsyste:n
of which the actuator is a pext.

A position actuator rather than & rate actuator wes specified because it
sliplified other portions of the TVC subsysten, end because precision position
feedback was easier to irplerent.

In order to raintain thrust alignrernt with the c.n., a requirerent for
irreversibility was set. During the ctor operation, the actuator wes in a
controlled node anld engine vibration did not affect the actuator otion.
Between burns in a space environment the load on the actuator was snell and
the required friction tcique for irreversability was small. The worst loed
environtent was due to vibration during the boost phase end this determined
the friction level for irreversability. Following finel design it wes deter-
rmined that the actuator would not be irreverseble under the mexiiun (3¢°) boost
vibration environrent and the actuator was ellowed to move at e rate not to
exceed .05 inch per second. An operation procedure was developed which recentered the
actuator to its electricel null after boost and prior to first motor ignition
to eircuwivent this problen. As it turned out, the actuator never noved off
null during boost on any of the five flights and the recenterin; was not
necessary. Dwe to the i.plerentation of the thrust vector system in which a
position actuator was enployed, spacecraft center of mass offset is & signifi-
cant error source. In order to reduce this error, it was necessary to provice
for rechanical length adjust:ent on the actuator to align the thrust vector
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Figure 8-37:  THRUST VECTOR CONTROL ACTUATOR
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FIGIRE 8.38

THRUST VECTOR ACTUATOR DESIGHN REQUIREMNENTS

REQUIREMENT
Position Aectuator

Irreversible

Mechanical Length Adjustment
About nominal of 8.5 inches

Performance:
Stroke + 2.8 degrees
Rate = 10 deg/sec
Resolution = £ 0,018"
(0.18 degrees)
Natural Frequency = 2.5 CPS
Ioad = £ 3,0 1lbs, ineluding:
= Gimhal Bearing load
= Thrust Offset
- Engine Hose
- Heat Shield
Inertia Load = 0.05 Slug ft
(6 inch arm)

2

Solid state servo electronics
were included in actuator.
Nominal scale factor = 1 volt/
degree * 5 percent.

The nominal thermal environment
was 50°F £ 25°, 1In addition a
thermal soakback = 175°F at rod
end for one hour after engine
burn.

At least 18 day life.

Vieicht was 3.55 1b.
objective was 2.2 1b.

Powver - 3.2 Amps maximum pesk
from 28 volt nominal source,
0.55 Amps nominal steady state.

Hermetically sealed with dry
No gas with Helium trace.

Originel

Se

10.
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EXPLANATION

Predictable initial position of null
and easy to check out and monitor.

Maintain engine prelaunch alignment
through C.M. during boost. Minimize
start transiente by retaining engine posi-
tion established during a preceeding burn.

Permit prelaunch admustment to align
engine through spacecraft center of
mass with the actuator at electrical
null.

To provide required system performauce
with at least 6 db gain margin from
startburn to endburn conditions includ-
ing effect of:

a. Solar panel and antenna flexibility
b. Shortburn requirement with:
- Actuator hardover position
- Maximum C.M. offset
- Reaction control recovery capability
without spacecraft attitude over-
shoot exceeding gyro gimbal linmits
¢. Maintain thrusting vector direction
within £0.4° (3:) of initial attitude.

The actuator performance as specified is
a very intimaic interface between mech-
unical and electron.c design. Minimum
development time was a factor.

An added thermal constraint was required
on the actuator due to heat soakback
from the engine subsequent to engine
burn. -

Last planned engine burn was to obtain
photo orbit within 18 days of launch.
Weight budget.

Powver budget; also internal heating.

To withstand space environment, Helium
trace for leak detection purposes.
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through the measurad Ceiue ait‘ the &b@u tor &l its electric signel null.
lachanierl edjust:ent capa®ility of +0.25 to -).3, inches (2.4 desrees to
=1.46 derrees of nozzl ) was pre M lal, The stroke lirdt was deter: i’ua‘ by
celewletion of the :zucd w LI wel required by the m.u..Lt*r to alizn the thrust
with the center of :.ass plus L;'i’\; an al i 1 aal 1.5 dezrees of n« Jzzle
deflectison for control purposes. The additionel 1.5 degrees was deteruined
on an anelog couputer to give adequate cor ‘trul ".CC"l“;&ui"’l for systen
responsae.

The actuator frequency response linit was specified to vte greater than the
expected structural frequency. Dus to the nonlin:zar response of the actuator
caused by rate anl ecceleration lirmiting, the frequency response wes defined

for two a:plitudes. The frequancy response requirerent is shown in
Figure 8 39. The hizh armplitule response requirerent has & lower frequency
roll off due to rate and acceleration saturation.

The rate require:ent (10 degrees/second) was set hizh enough to assure
adequate dynenic stability rargins with an engine initial misaligment with
the c.u. of 3.0 degrees and stroke lirdts of 2.8 dezrees. The rate require-
rent was based on analog computer simmlation results.

8.5.3 DEVELOIME!IT AND OPERATION

A significant factor in the develop:ient of the actuator was the extreuvely
corpressed tire scale available for developient and qualification. Procure-
ment specifications for the actator were releasad early in Septeiber, 1564,
following the decision to use the gimbeled engine. This was nore than five
months after contract go-ahead. Only 3% months were allowed to deliver the
first engineering test nodel. The first quelified flight unit was scheduled
for delivery in eight months.

8.5.3.1 VEINDOR SELECTIOI!

There were three vendor replies to the actuator request for proposal. Two of
then were siniler to the chosen design. The third wes a stepper motor concept.
The stepper notor concept was discardecd because it was felt that a stepper
motor was unproven for this epplication.

Between the other two vendors one had neglected the effect of the heraxctic

seel on the actuator load. The load on the output due to presswrization wes
actually lerzer than any of the locis listed in the specification. ' The proposed
design from Kearfott Inc. was selected. The actuetor vendor hed three months
fron go ahead to delivery of the first engineering developrent unit. During
this tire period e vendor prelindinery design review and criticel design review
were held. Partly due to this extrerely tight schedule and partly due to poor
quality control on ths actuator manufacture, several significant problems were
uncovered during the test programs at Boeing.

REPRODUCIBILITY OF THE ORIGINAL PAGE IS POOR.
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FREQUENCY RESPONSE REQUIREMENT

Resolution .018 Inch
O (UL UL UL L L L

GAIN - DB

g 777 /////////////ﬁ/(//w } -_r_‘ -
’9, e KN | Maximum Boundary
© 10 : for all Amplitudes |

- 1 '

s ",

3 ~-15 T x '//b"""‘—“

B -2 i j=t ,
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X _30 0.05 inches
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g, IO
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hé -50 L

w

a.

= 1\6.2 0.5 1.0 2.0 5.0 10.0 20.0 50.0  100.0

REQUENCY - CPS
NOTES: dan

1. Under Design Load of + 18 inch Lb.
2. Frequency Response about

the Actuator Null
3. Linear Resolution = .018 inch

FIGURE 8-39 THRUST VECTOR ACTUATOR FREQUENCY RESPONSE REQUIREMENT
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8.5.3.2 DEVELOMENIT PROBLENS

A swuary of problems encountered during the developientel and early systen
integration testing phese and the rework or redesi n required to cure the
problens is shown in Figure 8-40. The first major proble.n was the failure of
the actuator to reet the required rate linmit under all design conditions
which incluled design loals, low input voltaje, and externzl pressure. In
order to cwre this problen nore careful asse:rdly and testing of the Jackserew
assarbly was required., Later the uotor size wos increased to achieve the
ninirw: required torque at low voltage. The electroaics were changed,
incluiinz larger motor drive transistors, to reduce volteze drops to the
motor in order to inerease the notor voltege for hi_her power output. One
significent result of the low rate problem was a requirerent to "run in", i.e.,
operate, the motor prior to actuator asserbly. The motor "run in" was
required to achieve a predictable and dependable power output for a specific
power input. Motor power output and jackserzw asseubly torqus were reasured
prior to asseubly to insure that required rates would be ret following
asseibly.

Erratic operation and hish power conswiption due to internally and externally
generated noisewere a severe problem. Several nodifications were required to
solve this problem. Filtering was done in the coupensating or drive electronics
to reduce command signal noilse. Filtering in the actuator wes also done.

Larger motor drive transistors were used so that the higher peak power
transient levels could be tolerated in these transistors without failure., A
deadband built into the actuctor electronics before power was applied to the
motor was increased to lower the susceptibility to noise. Inereasing of the
deadbands reducad the resolution capability of the actuator. It was determined
on the analog sirmlation that the wider resolution tolerance was acceptable.

During the first thrust vector subsystem level testing on the spacecraft,
severe couplinz was discovered between the closed loop electronics and the
actuator. The problen was a result of a poor irmpedance match between these two
cornponents. In order to rectify the provlen, a load resistor was added across
the output of the closed loop elestronics.

Actuators were delivered to Boeing unpainted so that the solder sealed case
could be visually inspected. CAT-A-LAC black paint was applied prior to
spacecraft installation but after passing incoiidng inspection. A heliua leek
detector was usad to check for leakage.

Followin; the ebove modifications to the original design, thare were no
significant failures during the environrental, reliability cdemonstration
testing or quelification testing. There were no failures or perforiiance
degredation on the 10 flight units. Termperature rise durin; operation of the
actuator was not a problem because the therial nass was gireat enough to with-
stand all the power that the motor could teake.
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8.9.3.3 MISSION PERFORMANCE

Perfornance of the actuators was satisfactory during all missions. Operational
life of the actuators is shown in Section 5.0. The operational flight time
for the actuators was short because the actuator was operated only during the
velocity maneuvers. Of significant importance is the fact that two of the
thrust vector actuators on spacecraft L.0. II operated without detectadble
performance degradation after exposure to the space vacuum environment for 338
days. Data is presented in Section 5.0 for each axis and includes both ground
and operatinzg time. It is of interest to note that ground test time of flight
components exceeded flicht operating time by three orders of magnitude for

the first and second flight spacecraft. The significantly higher ground test
time on the first two spacecraft is attributed to special tests conducted
because of earlier component and subsystem development problems, learning how
by test personnel, and the refinement of test procedures.

8.5.4 CONCLUSIONS AND RECOMMENDATIONS

The conclusions reached from the study of the thrust vector actuator design are
as follows:

1) The hermetically sealed electromechanical servo actuator design was
adecuate for this application.

no
-

Tre mechanical design of the actuator was far superior to the electronic
design.

(WS ]
~—

The short time period for the design, fabrication, and delivery of
the first article contributed to the problems which had to be solved
later.

Recormendations for "doing differently if one had it to do over" are:

1) The requirement for irreversibility during the boost vibration was
urnecessary. This design would have been adequate with a smaller
motor if a more efficient jackscrew had been used. 1\t most the real
requirement was to hold pcsition from one burn to the next to avoid
large start up transients.

2) The decision to use the gimbaled engine should have been made four
months sooner. This would have provided time enough to work out
development precblems.

The initial transient conditions set the actuator ratr requirements.
Less severe conditions should have been specified for this design.

)
N
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5)
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The corponents should have been tested with the correct electrical
loading impedances before subsysten level tests were reached. A
portion of the subsysten electrical noiss problens could have been
avoided.

Electrical noise on the signel lines should have been specified to

the actuator vendor. This would have forced a more thorough analysis
of the electronic design.
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