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INTRODUCTION

This document contains reproductions of technical papers presented
by staff members of the NACA laboratories at the NACA Conference on
High-Speed Aerodynamics held at the Ames Aeronautical Laboratory of the
NACA, March 18, 19, and 20, 1958. The primary purpose of the conference
was to convey to the military services and their contractors the results

of recent research and to provide those attending with an opportunity
to discuss the results.

The papers in this document were prepared for presentation at the
conference and are considered to be complementary to, rather than sub-
stitutes for, the Committee's more complete and formal reports.

A list of the conferees is included.
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STUDY OF MOTION AND HEATING FOR ENTRY
INTO PLANETARY ATMOSPHERES
By Dean R. Chapman

Ames Aeronautical Laboratory
INTRODUCTION

One of the many challenging problems associated with space flight
is the so-called reentry problem. Intense aerodynamic heating of the
structure and possibly severe decelerations of human occupants may occur
when orbiting vehicles enter either the atmosphere of the earth or the
atmosphere of another planet.

Previous analytical studies of the entry problem have been made
with more specific vehicles than those in the present study. By limiting
consideration to specific vehicles it is possible to disregard various
combinations of the forces which appear in the overall problem. For
example, in a study of ballistic vehicles, Allen and Eggers (ref. 1)
have shown that very good results can be achieved even though the gravity
forces and the centrifugal forces are disregarded. Also, in the case of
glide vehicles operating at hypersonic Mach numbers or orbital velocities,
it is possible to disregard the vertical component of drag force and the
vertical acceleration but not possible to disregard the gravity or cen-
trifugal forces. The early studies of Sanger (ref. 2) have been made on
this basis. For the case of a satellite entering an atmosphere through
the process of a naturally decaying orbit, however, a realistic solution
is not obtained if either the gravity force or the centrifugal force or
the vertical component of drag force is disregarded. Full consideration
is given herein to these various forces by means of a mathematical trans-
formation which reduces the problem to a form simple enough to handle
these various forces without undue complication. In fact, all of the
results of this paper are based on the discovery of a mathematical trans-
formation which reduces the relatively complicated pair of motion equa-
tions to a single ordinary differential equation that is amenable to
solution. This paper is concerned with the problem of entering planetary
atmospheres and provides a generalization and extension of previous ana-
lytical studies of the entry problem to a wider class of vehicles and to
different types of entry than have previously been studied with analytical
methods. A more complete report of this study is given in reference 3.
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SYMBOLS

The notation employed 1is illustrated in figure 1, wherein the flight
path is illustrated for a vehicle entering the atmosphere of a planet.

=l

ol o vuoo<

O

distance from center of planet

force of gravity acting upon vehicle towards center of planet
1ift force, normal to flight path

drag force, parallel to flight path

flight-path angle relative to local horizontal direction, or
entry angle

component of velocity in local horizontal direction

dimensionless independent variable; W = 1.0 when velocity is
equal to local circular orbital velocity, and u = VE when

velocity is equal to escape velocity

dependent variable proportional to density of undisturbed
atmosphere ahead of vehicle

\

exponential decay parameter (éi = e BY)
o)

altitude

reference area for drag <D = Cp %pV2A>

resultant velocity, u/cos P
wetted area
factor for total heat absorbed

factor for heating rate

total heat absorbed

maximum heating rate

<LHERR—
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ANALYSIS

The basic principle of the method is that, when the horizontal com-
ponent of velocity is taken as the independent variable and the function 2
(proportional to density) is taken as the dependent variable, the complete
pair of motion equations can be transformed into a single, second-order,
ordinary differential equation:

Vertical Vertical Gravity minus Lift
acceleration drag force Centrifugal force
. (1)
— 32 '
g 472 - d _ 2 = 1 - uc - L VE;
dﬁe au u 0z D

In completing this transformation, two terms in the complete equations
which are small compared with the others are disregarded (ref. 3). For
the present analyses an explanation of the physical significance of the
various terms appearing in this differential equation is sufficient.

In equation (1) it can be seen that the first term on the left-hand side
represents the transformed vertical acceleration and the second term
represents the vertical component of drag force. The first term on the
right-hand side of equation (1) represents the gravity force minus the
centrifugal force and the last term represents the vertical component of
1ift force.

Inasmuch as this differential equation is of second order, two initial
conditions suffice for determining a solution. For these conditions the
value of the function Z at some initial velocity U; and the value of
the derivative Z' at the same initial velocity are selected: T = uj;
Z(Ti) = 0; 2'(73) = \Br ¢;. It is noted that the initial value 2Z'(Tj)
is proportional to the initial angle of descent P4 (negative for descent).
The dimensionless parameter \[Br 1is essentially constant for any planet
and is approximately 30 for the planet Earth. The following example
illustrates the initial conditions for the decay of a satellite orbit:
uj = 1; 2(1) = 0; 2'(1) = 0. 1In this case the dimensionless initial
velocity is 1.0. The initial angle of descent is negligible, as is the
initial density compared with the density at conditions near preak heating
Oor maximum deceleration. Consequently, the initial conditions are simply
those indicated.

.
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In order to obtain a better understanding of this differential
equation, assume that all of the terms on the right-hand side of equa-
tion (1) were neglected - that is, the gravity force, the centrifugal
force, and the 1lift force. Then, the remaining terms on the left-hand
side of this equation form a linear differential equation, the solution
of which yields exactly the solution of Allen and Eggers for ballistic
entry (ref. 1). This should not be surprising inasmuch as they dis-
regarded the forces represented by the terms on the right-hand side of
this equation. On the other hand, assume that the terms on the left-
hand side of the equation were disregarded - that is, the vertical accel-
eration and the vertical component of drag force - then, the solution to
the remaining terms on the right side is a simple algebraic solution for
the Z-function which is exactly the same as the solution for equilibrium
gliding flight of hypersonic vehicles originally advanced by Sanger
(ref. 2). In the present paper, however, none of the terms in this equa-
tion are disregarded, so that all of the subsequent results are numerical
solutions based upon equation (1) as given.

DISCUSSION

Some examples that illustrate the types of results which can be
obtained from the method are now considered. In figure 2, a plot is
shown of the maximum deceleration together with the miss distance in range
due to a 0.5° error in the initial angle of entry ¢y for nonlifting

vehicles. It is seen that, if a nonlifting vehicle were intended to enter
at an angle of 20 initially but inadvertently entered at either 1‘50 or
2.50, the change in impact point would be roughly 100 miles. Therefore,
as would be expected, the larger the initial entry angle, the smaller is
this error in entry range for a given error in initial entry angle. As
can be seen in figure 2, however, arbitrarily large initial entry angles
cannot be employed if the device is to carry a humen occupant. At an
initial entry angle of approximately 30 the approximate limit of human
tolerance to accelerative stress 1is reached. At lower angles, such as

o° < -9; < 1° +the meximum deceleration is seen to be a little over 8g.

This certainly would not be comfortable but is well within the limit of
human tolerance. In this figure and subsequently in figure 7, where the
approximate human limit to deceleration stress is indicated, it is to be
understood that this limit corresponds to transverse orientation of the
acceleration loads (that is, with the stresses either in the back-to-chest
or chest-to-back orientation). This limit takes into account the approxi-
mate duration of the acceleration stress in a manner that is believed to
be conservative. It is regarded as only an approximate limit.
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As would be expected, the maximum rate of heating also increases
with an increase in the initial angle of descent, as indicated in fig-
ure 3, where the curve for aﬁAX is seen to be quite similar to the

curve for maximum deceleration already discussed in figure 2. The larger
the initial angle of descent, the lower is the altitude at which the
intense heating takes place and, hence, the higher are the density, the
deceleration, and the maximum rate of heating. As is shown in figure 3,
however, the total heat absorbed follows an opposite trend to the maxi-
mum heating rate. What happens, of course, is that, although the maxi-
mum heating rate is increased, the time duration over which the intense
heating occurs is very much reduced for the larger initial angles of
entry. The net effect is a reduction in the total heat absorbed with
increasing entry angle. For example, the heat absorbed at an initial
entry angle of 00 is twice that absorbed at an initial entry angle of 3°.

There is a simple and general equation developed by Allen (ref. 1)
in his studies on ballistic entry, which helps to understand the quali-
tative variations of total heat absorbed, as presented in figure 3 and,
also, as presented in figures 5, 6, 9, 11, and 12 wherein curves of total
heat absorbed are included. The equation for total heat absorbed is

Cf S mV2
= = 2 A 2
29 2Cp A <22 (@)

This equation was developed in the study.of ballistic-type entry but
actually is general and can be applied to an arbitrary entry path. The
equation states that the total heat absorbed for a given change in kinetic

energy A(% m ) is proportional to the ratio of the wetted area S to

the reference area A and, also, is proportional to the ratio of the
effective skin-friction coefficient Cﬁ to the drag coefficient Cp-

It is the known qualitative variation of skin-friction coefficient with
Reynolds number which explains the qualitative variation of total heat
absorbed in figure 3. As the initial angle of descent is increased,

the reduction in kinetic energy does not change but heating takes place
at lower altitudes, where the densities and Reynolds numbers are higher
and, hence, where the skin-friction coefficients are smaller. Thus,
equation (2) shows that, in this case or in any other case where heating
occurs at lower altitudes for a given loss in kinetic energy, the total
heat absorbed is less than if heating occurs at high sltitudes.

The entry of lifting vehicles starting with a negligible initial
angle of descent (@i > O), as would be the case for the orbital decay

&
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of a satellite, is now considered. Figure L represents a plot of the
Reynolds number per foot at the conditions of meximum heating as a func-
tion of the parameter W/CDA where W 1is the vehicle weight in Earth
pounds. It is seen from the equation in the figure that the Reynolds
number is proportional to the Z-function. The point of practical inter-
est, however, is that for typical values of the loading parameter w/cpA,
say, in the range between 10 and 100 pounds per square foot, the Reynolds
number at peak heating is only of the order of 103 to lOu per foot.

These values are low enough to expect extensive runs of laminar flow.

For this reason, the calculations of heat transfer in equation (2) and
for figures k4 to 6 and 8 to 12 are based upon the assumption of laminar
flow. As may be noted in figure 4, the relative values of Reynolds num-
ber for the planets Venus, Mars, and Jupiter are not greatly different
from those of Earth. Consequently, for entry into the atmospheres of
these planets the Reynolds numbers at conditions near maximum heating
are sufficiently small to expect much laminar flow on many types of
vehicles.

In figure 5, some curves are presented that illustrate the effect
of 1lift-drag ratio on the maximum heating rate experienced during entry
from a decaying satellite orbit. The equation for maximum heating rate,
shown in the upper right side of this figure, is seen to consist of a
series of factors. The group of factors within the braces represents
the influence of the particular planet - that is, the coefficient of
viscosity u, the gravitational acceleration g, the planet radius T,
and the exponential decay parameter B of the atmosphere. The group
of factors under the radical represents the influence of the physical
characteristics of the vehicle -.that is, the mass, shape, and dimen-
sions. The factor @ is related to the Z-function and, as indicated,
depends only upon the lift-drag ratio of the vehicle. If the drag coef-
ficient were maintained constant and the lift-drag ratio were increased,
such as might be conceived if reaction 1ift were employed rather than
aerodynamic 1ift, then the maximum heating rate during entry would con-
tinually decrease as the lift-drag ratio is increased, as indicated by
the dashed curve in figure 5. For aerodynamic 1ift, however, the drag
coefficient and the 1lift-drag ratio are always coupled in the sense that
the 1lift-drag ratio cannot be indefinitely increased without eventually
decreasing drag coefficient. As the formula given in figure 5 indicates,
a decrease in the drag coefficient would correspond to an increase in
the maximum rate of heating. This coupling between Cp and L/D is
different for each family of eserodynamic shapes, three feamilies of
which are illustrated in figure 5. The solid curves represent the quan-
tity ?i/ﬁ;. The family of half-cones and the family of half-paraboloids

are maintained with the flat surface in the flight direction; the 1ift-
drag ratio is changed by changing the fineness ratio. For the family of
flat plates, however, the lift-drag ratio is changed by changing the
angle of attack. In all cases, the forces are computed by use of the

w
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Newtonian theory. It is seen that the net effect of the coupling
between drag coefficient and 1lift-drag ratio is such that about the
best that can be expected by the use of aerodynamic 1ift is that the
peak rate of heating can be reduced roughly 50 percent for lift-drag
ratios in the neighborhood of 0.5 to 1.0. Inasmuch as the dashed curve

is closely proportional to 1 VE;E; (ref. 3), it follows from the equa-
tion given in figure 5 that the maximum heating rate would be nearly
proportional to 1/\/C;, and, hence, would be a minimum for vehicles
entering at CLMAX' Thus, for practical purposes, the maximum heating

rate may be minimized by entering in this manner.

In figure 6, a plot similar to that presented in figure 5, in which
radiation is disregarded, 1s shown only for the total laminar heat
absorbed. In this case the structure of the corresponding equation for
Q also is composed of a series of factors; the group within braces again
represents the influence of the planetary atmosphere, the group under the
radical represents the'inf;uence of the physical characteristics of the
vehicle, and the factor Q 1s related to the Z-function and, as indicated,
depends only upon the lift-drag ratio. The interesting point in this fig-
ure is that for a given drag coefficlent the variation in total heat
absorbed with 1ift-drag ratio is just opposite that observed for maximum
rate of heating. The explanation for this may be understood by reference
to equation (2). As the 1lift-drag ratio is increased, the overall loss
in kinetic energy does not change but the heating takes place at higher
altitudes where the friction coefficients are larger and, hence, the
total heat absorbed must also be larger. In figure 6 the coupling between
drag coefficient and 1lift-drag ratio is seen to result in an optimum at
negative lift-drag ratios in the vicinity of approximately ~0.5. The
minimum value of total heat absorbed, however, is not greatly different
from the value for nonlifting vehicles. When it is considered that the
use of negative lift-drag ratios, at least for entry into the Earth's
atmosphere, results in large deceleration, it may be concluded that the
practical optimum for minimizing total heat absorbed will be achieved by
essentially nonlifting vehicles. A large penalty in total heat absorbed
by the use of a lifting vehicle is evident from figure 6. Also shown in
this figure is a point representing an optimum skip starting from circular
orbital velocity. This optimum skip occurs at a 1ift-drag ratio of about
0.7 (which corresponds to CIMAX) and is seen to result in much less

total heat absorbed than for the case of smoothly gliding entry. The
difference amounts to about a factor of 3. The reason for this may
again be seen from equation (2). As compared with a gliding vehicle,
a skip vehicle penetrates deeper into the atmosphere where the density
is lower and the friction coefficlents are lower and, hence, much less
heating occurs for a given loss in kinetic energy.

CohilibRRiiiig T



8 OO N

A comparison of the decelerations and aerodynamic convective heating
problems for several neighboring planets is now considered. A plot is
presented in figure 7 of the maximum deceleration in Earth g units as a
function of the vehicle 1lift-drag ratio for the planets Mars, Venus,
Earth, and Jupiter. These curves correspond to entry from satellite
velocity starting with ¢4 = O. The pronounced effect of lift-drag ratio

in reducing the maximum deceleration 1is evident from this figure. For
example, a lift-drag ratio of the order of a few tenths reduces the maxi-
mum deceleration for Earth from about 8 to 2 or 3. Inasmuch as the cir-
cular orbital velocity for Mars is only 12,000 feet per second as compared
with roughly 25,000 feet per second for Earth and Venus and 140,000 feet
per second for Jupiter, the relative positions of the various curves in
figure 7 are to be expected. The decelerations for entry into Mars are
sufficiently low that even vehicles with negative 1lift can be employed
without exceeding the approximate 1limit of human tolerance to decelera-
tion. These limits indicated in figure 7 are different for the different
planets, inasmuch as the duration of the deceleration is different for
each planet. For example, the duration of entry into Mars is much less
than into Jupiter and, therefore, the maximum deceleration tolerable is
greater (fig. 7). Entry into Jupiter would impose many problems not
imposed by entry into Venus or Mars, inasmuch as the gravitational accel-
eration even for a vehicle at rest would be at least 2.7g and the velocity
necessary to escape from Jupiter is 200,000 feet per second. These fac-
tors impose very severe problems indeed and, hence, Jupiter cannot be
given practical consideration but is included in figure 7 and in other
figures merely for purposes of comparison.

For the same type of entry as was considered in figure 7, the cor-
responding maximum-temperature parameter experienced during entry for
radiation equilibrium is shown as a function of the lift-drag ratio for
these planets in figure 8. The quantity € represents the surface emis-
sivity and would be 1.0 for a black body. In order to understand the
numbers on the ordinate, assume that the radius 1 of the stagnation
point is 10 feet and that the parameter W/CDA has a value of 10 pounds

per square foot. Consequently, the denominator (W/CDAI)l would be

1.0 and, hence, for a black body the numbers indicated on the ordinate
scale would represent nearly the maximum surface temperature in °R. For
Mars the maximum surface temperatures are not really severe (as low as
1,300° R) when compared with those of the other planets. For Earth and
Venus the maximum surface temperature can be as low as roughly 2,000° R,
which is within the limitations of current metals. For Jupiter, however,
the temperatures are of the order of at least 5,000o R and would impose
a much more severe problem for any radiation-cooled device. As can be
seen from the curves in figure 5, the minimum surface temperature occurs
in the region of lift-drag ratio between about 0.5 and 1.0.
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Curves for total lsminar heat absorbed during entry from satellite
velocity are shown in figure 9 for the same planets. As would be expected
from their relative orbital velocities, the planets in this figure bear
the same relative position to each other as in figure 8. The ordinate
in this figure represents the total heat absorbed per unit area at a
stagnation point of radius of curvature 1. The units are as indicated

in figure 9. In this figure the minimum heat absorbed occurs at negative
lift-drag ratios, as would be expected from the discussion of figure 6.

A different type of entry - namely, atmosphere braking - is now
considered. In order to land on any of the planets, it 1s assumed,
first, that the velocity must be reduced from some value near escape
velocity (U ={2) to a value near satellite velocity (U = 1). If

this reduction in velocity is attempted by means of chemical rockets,

it would be very inefficient in terms of weight. If it is attempted by
means. of a low-thrust space engine, it would be inefficient in terms of
time. Consequently, there is interest in the process of making successive
passes through the atmosphere in order to decrease the velocity from
roughly escape velocity to satellite velocity. This type of entry is
illustrated schematically in figure i0. The solid line represents a
pass through the atmosphere which slows the vehicle down and reduces the
apogee of the orbit in preparation for another entry to reduce further
the velocity and apogee, etc., until circular velocity is obtained. The
ordinate in this figure is the same as that in figure 8. The abscissa
is the maximum acceleration experienced during the braking process. A
number of other parameters could have been plotted as the abscissa. For
example, the altitude of closest approach to the planet's surface could
be employed inasmuch as the closer the vehicle passes to the surface,
the greater the maximum deceleration experienced during this pass. Of
course, if the vehicle passes too close to the surface, then in a single
pass the velocity would be reduced sufficiently to cause an impact with
the surface in the first pass. This type of entry is indicated by the
long-dash lines in figure 10. From this figure it is seen, for example,
that, in order to limit the maximum temperatures to the order of 2,500° R,
about the greatest number of g units that can be experienced during a
single pass is only a few tenths. As it turns out, this is sufficient
to complete the reduction from escape velocity to circular satellite
velocity in roughly six or seven passes. If the vehicle experiences
greater decelerations, as would be the case by making the pass closer to
the planet's surface, 1t is seen that the maximum deceleration is steadily
increased up to a certain point where it discontinuously increases to a
value corresponding to the completion of entry in the first pass. In
the case of Earth, for example, the curve in figure 10 shows that, when
the maximum deceleration is somewhat less than Ug, the single pass will
slow the vehicle down sufficiently to complete the entry in the first
pass. This means that circular orbital velocity is obtained before
leaving the atmosphere. At this point (represented by a small vertical

A
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bar in fig. 10) the maximum value of the deceleration suddenly incre@ses
to about T.2g as the vehicle completes the entry, but the temperature
does not increase inasmuch as the maximum temperature already has been
experienced before the vehicle has been reduced from escape velocity to
satellite velocity. About the largest deceleration that can be experi-
enced in the process of atmosphere braking on Mars is somewhat less

than 1 g. For Jupiter, as would be expected, much more deceleration can
be experienced without completing the entry in the first pass, but the
temperatures also become very large.

The heat absorbed during a single pass through the atmosphere is
presented in figure 11. The ordinate is the same as that in figure 9.
Again, the same relative position of the different planets is noted.

In figure 11, however, 1t is seen that, once a sufficient deceleration

is experienced to slow down a vehicle to circular orbital velccity, a
further increase not only discontinuously increases the maximum decelera-
tion but also discontinuously increases the heat absorbed. This of course
is because of the additional heat which must be absorbed in reducing the
velocity from satellite velocity to zero. Up to the point beyond which

a single pass to impact occurs, the heat absorbed in the single pass of
atmosphere braking increases because of the greater loss in kinetic energy.
Where only a single pass occurs (long-dash curves in fig. 11), the total
change in kinetic energy is the same. As may be seen for Mars, the greater
the meximum deceleration, the lower 1is the total heat absorbed. The
reason for this can again be seen from equation (2). As the vehicle
passes closer to the planet's surface and experiences increased decelera-
tion upon entry, heating occurs at lower and lower altitudes where the
friction coefficients also are lower and, hence, the total heat absorbed
is lower. It is seen in figure 11 that, if the heat absorbed in a single
pass is kept within the same 1imitations as for the heat absorbed during
the entire reentry from satellite velocity to impact (about 3,000 for
Earth), the maximum deceleration which can be experienced during the
braking process is about 1.5g. As it turns out this is:sufficient to
complete the reduction from escape velocity to satellite velocity in two
passes. In such a procedure, of course, the heat absorbed in the first
pass could be radiated away before the satellite returns to begin the
second pass.

The curves in figure 12 illustrate the effect of lift-drag ratio on
the heat absorbed during a single pass through the atmosphere. In this
figure, the abscissa is now the dimensionless velocity TUgyx &bt the exit

of the braking process, that is, at the exit of the single pass. The
pass in all cases starts with an initial velocity representing escape
velocity. A given value of Uex represents a given loss in kinetic
energy per unit mass; hence, for a given change in kinetic energy during
a single pass, the heat absorbed is reduced as the lift-drag ratio is
increased. This is just opposite the trend observed in figure 6, where

S
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it was noticed that the greater the lift-drag ratio the greater is the
total heat absorbed during entry from satellite veloclty. The explana-
tion is as follows: 1in order to reduce the velocity by a given amount
in a single pass, a lifting vehicle must penetrate deeper into the
atmosphere than a nonlifting vehicle. This means that, for a given
change in kinetic energy, the greater the 1lift the lower is the altitude
at which heating occurs; hence, the lower the friction coefficient the
less is the heating (eq. (2)). Although it is desirable, insofar as
heat absorbed is concerned, to use a vehicle with 1ift in the process
of atriosphere braking, once the velocity is reduced to circular satel-
lite velocity it is desirable to use a nonlifting vehicle or even a
vehicle with negative lift.
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PRELIMINARY STUDIES OF MANNED SATELLITES

WINGLESS CONFIGURATION: NONLIFTING

By Maxime A. Faget, Benjamine J. Garland,
and James J. Buglia

Langley Aeronautical Laboratory
INTRODUCTION

This paper is concerned with the simple nonlifting satellite vehicle
which follows a ballistic path in reentering the atmosphere. An attrac-
tive feature of such a vehicle is that the research and production expe-

riences of the ballistic-missile programs are applicable to its design
and construction.

The ballistic reentry vehicle also has certain attractive operational
aspects which should be mentioned. Since it follows a ballistic path
there is a minimum requirement for autopilot, guidance, or control equip-
ment. This condition not only results in a weight saving but also elim-
inates the hazard of malfunction. In order to return to the earth from
orbit, the ballistic reentry vehicle must properly perform only one maneu-
ver. This maneuver is the initiation of reentry by firing the retrograde
rocket. Once this maneuver is completed (and from a safety standpoint
alone it need not be done with a great deal of precision), the vehicle
will enter the earth's atmosphere. The success of the reentry is then
dependent only upon the inherent stability and structural integrity of
the vehicle. These are things of a passive nature and may be thoroughly
checked out prior to the first man-carrying flight. Against these advan-
tages the disadvantage of large ares landing by parachute with no cor-
rective control during the reentry must be considered.

In a previous paper, Dean R. Chapman has shown that the minimum
severity of the deceleration encountered during a ballistic reentry is
related to the fundamental nature of the planet. Thus it can be con-
sidered a fortunate circumstance that man can tolerate this deceleration
with sufficient engineering margin. '
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For aerodynamic coefficients, the frontal area is the reference area and

- SYMBOLS

1lift

drag

weight

drag coefficient
cross-sectional area (frontal)

normal-force coefficient slope per radian
1ift coefficient slope per radian

pitching-moment coefficient slope per radian

moment of inertia (general)
mass

period

normal acceleration
acceleration (longitudinal)
Reynolds number based on diameter
thrust of jet

Mach number

pitching-moment coefficient
normal-force coefficlent
diameter

distance

the diameter is the reference length.
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DISCUSS ION

"

Figure 1 shows man's approximate tolerance to "g loads for sev-
eral positions in which he may be supported. The information shown was
obtained from reference 1. It should be noted that the tolerance to
acceleration varies for different individuals and that figure 1 does not
give a complete picture of the problem. It does, however, neatly estab-
lish an approximate basis for consideration of the acceleration loads to
be described.

The deceleration history of a typical reentry is presented in fig-
ure 2. For this case the reentry angle is -0.8° and results in a maxi-
mun deceleration of 8.5g. It should be noted that the buildup in decel-
eration is very gradual and that the overall severity is well within
human tolerances. In fact, larger reentry angles resulting in a more
severe deceleration history should be tolerable.

The acceleration loads which may be encountered during launching
are presented in figure 3. The acceleration history shown was calculated
by using elements of a present-day ballistic-missile propulsion system
as a basis. The severity of this acceleration history is approximately
the same as the deceleration history in figure 2 and is well within the
human tolerance limit.

The one maneuver which the ballistic reentry vehicle must perform
is the retrograde maneuver. This maneuver consists of deflecting the
orbit by the proper application of an impulse provided by the retrorocket.

The performance required from the retrorocket to initiate reentry
from a circular orbit of 800,000 feet altitude is shown in figure 4.
This figure shows the flight-path angle that would be obtained at the
350,000-foot level when the retrorocket "kicks" the satellite with vari-
ous velocity changes. It can be seen that use of a rearward impulse is
much more effective than a downward one. The downward one has some merit,
however, in that it would cause reentry to occur much sooner after the
impulse was applied. With a rearward impulse the satellite would travel
approximately halfway around the earth before reentering the atmosphere;
with a downward impulse the satellite would travel only about one-fourth
of the way around before reentry.

There are some particular advantages to be gained if reentry is made
from an elliptical orbit. Figure 5 is a schematic drawing of an elliptical
orbit and will help illustrate this. The elliptical orbit has a perigee
point where it passes close to the earth's surface and an apogee point
which is 180° away and is the point of highest altitude. Inasmuch as the
satellite is closest to the earth at the perigee, the perigee forms a bucket
as far as determining the landing point is concerned. Since the landing

 Gl——
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point naturally tends to be in vicinity of perigee, the accuracy of the
reentry maneuver is improved when the landing point is purposely made
in the vicinity of the perigee.

Inspection of figure 5 suggests an interesting possibility. If the
satellite is given a moderate rate of spin about its longitudinal axis
at last-stage burnout, it can be attitude-stabilized in space and will
be traveling exactly backward at the apogee in the correct attitude for
firing the retrorockets. Also at the perigee it will be in the correct
nose-first attitude for entry. The required spin rates are well within
the tolerance of a supine or prone pilot. This technique of spin stabi-
lization might simplify considerably the guidance and control equipment
necessary for attitude stabilization.

Figure 6 shows the required performance of the retrorocket when
used in initiating reentry from the apogee of an elliptical orbit. It
can be seen that increasing the height of the apogee decreases the amount
of impulse required to produce a given reentry path angle.

During the last several years the National Advisory Committee for
Aeronautics has been intensively studying the important aerodynamic
aspects of ballistic-missile reentry bodies. Much of this work is
directly applicable to the problem at hand. Thus, fairly well established
information is available to help in the choice of the configuration for
the ballistic reentry vehicle. Table I summarizes some aerodynamic char-
acteristics for four different types of nose shapes.

The nose shapes shown in table I are compared on a basis of equal
welght and diameter. A weight of 2,000 pounds was chosen as being reason-
able for the ballistic reentry satellite. A diameter of 7 feet was chosen
as being adequate for the occupant supported in the prone or supine posi-
tion. The aerodynamic characteristics shown in the table are those asso-
ciated with the forebodies (shown by the solid lines). The afterbodies
are arbitrary shapes. Four different nose shapes are shown. They are a
hemisphere, a heavily blunted 15° cone, a 530 cone, and a nearly flat nose
consisting of a spherical segment. The position of the neutral point and
an arbitrary center-of-gravity location are indicated for each of these
noses.

Values of W/CpA, total heating load, and maximum heating rate are

also listed for these noses. The heating was computed for reentry
starting at 350,000 feet with a path angle of -0.8°. Computations were
based upon the methods shown in references 2 and 3 and the experimental
data presented by William E. Stoney in a subsequent paper. It should be
noted that the heating is dependent upon both the shape and the W/CDA.

The peak heating rates are of an order of magnitude less than those
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experienced by ballistic missiles. The other aerodynamic derivatives
shown are of interest when the motion of the body during reentry is
considered.

The heating shown is based on the assumption that laminar flow
exists over the entire face of the nose. This assumption at least seems
to be justified for the nearly flat nose and is illustrated in figure 7.
Figure T shows the variation of Reynolds number based on nose dismeter
with Mach number for several possible reentry paths in which the initial
path angle is varied from -0.5° to -2.5°. Also shown are two flights of
rocket powered models (refs. 4 and 5) in which laminar flow was measured
over the entire flat nose of the model. Although these flights do not
indicate the maximum Reynolds number which could be obtained with lami-
nar flow, they do show that laminar flow does exist at Reynolds numbers
greater than those which would be expected during the reentry.

Based upon the foregoing statements, a specific configuration was
chosen in order to bring into focus some of the more detailed reentry
problems. This configuration is shown in figure 8. This space capsule
i1s conceived of as traveling in two directions. During launching it
would provide a fairly low-drag nose for the boosting system, but during
reentry it would have the desired heat shield in the front. This rever-
sal in attitude also simplifies the support system for the occupant,
since the same couch is properly alined for both the acceleration and
deceleration phases of the flight. The heat shield chosen is the one
with the lowest heating of the four shapes studied.

During reentry the attitude control system will be used to aline
the vehicle with the flight path. Although this alinement should usually
be accomplished with sufficient precision, one can expect that either
through error or malfunction the capsule will occasionally enter the
atmosphere with an attitude error. It is assumed that if no corrective
control is applied, the capsule will develop a pitching and yawing
oscillation.

In a subsequent paper, John D. Bird will show that the limit enve-
lope of this oscillation is not affected by the degree of static stabil-
ity and is independent of dynamic stability down to the point of maximum
deceleration. From this framework it is easy to study the violence of
the residual oscillation at maximum g. Figure 9 shows the period and
normal acceleration that would be encountered during an oscillating
reentry. The equations shown for P and an were developed by simply

substituting q = into the standard expression for these quantities.

ayW
CpA

Inspection of the resulting equation shows that the length of the
period is directly proportional to the square root of CD/Cmm' Thus to
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decrease the severity of the oscillation, the period may be lengthened -
by choosing a shape having a high value of CD/Cmm° Similarly, the

severity of the oscillation may be decreased by reducing the resulting
normal acceleration for a given angle of attack. Here it is desired to
have a large ratio of Cp to CN@’ It can be seen that from both these

considerations the nearly flat nose is very favorable. It is estimated
that this configuration would have a period of roughly 1 second at maxi-
mum deceleration and that, with an initial attitude error of 10° at the
start of reentry, the max1mum normal acceleration would be approxi-
mately 0.lg.

The particular configuration shown may have negative damping and,
as John D. Bird will show, this situation will result in a buildup in
the oscillation amplitude after the point of maximum deceleration is
passed. This amplitude will approximately equal the initial attitude
error of reentry when sonic velocity is reached. In order to determine
the limit that the oscillation might build up to in the subsonic region,
some tests (unpublished) were carried out in the Langley 20-foot free-
spinning tunnel. These tests showed that the configuration oscillated
at an amplitude of approximately 45°. The use of a small drogue chute
about one-half the diameter of the capsule reduced the amplitude of the
oscillation to about 20°. An extendable flared skirt originating at
the maximum diameter essentially eliminated any oscillatory motion.
However, such a device may be unduly complicated to be practical. An *
alternate configuration, the 55 cone shape, was tested and proved to
have very little oscillatory motion.

It appears very likely that, after initial flights of the ballistic
reentry type of satellite, the need to reduce the size of landing area
which must be kept under surveillance may result in the desire to improve
the landing-point accuracy. TFor this reason several simple means of pro-
ducing small amounts of 1lift have been investigated. Figure 10 illustrates
three such schemes.

The use of the attitude Jjets provide a simple method since they would
already be in existence. Because of a low value of Cma’ a high moment

arm, and a high negative CLa’ these jets appear to be fairly effective

in producing lift. With this arrangement an L/D of 0.1 could be pro-
duced during the entire reentry deceleration with an expenditure of
approximately 80 pounds of HO5. A drag flap is shown to be very effec-

tive by some tests carried out in the Langley 1ll-inch hypersonic tunnel
and presented by John A. Penland in a subsequent paper. A trimmed L/D
of 0.2 may be obtained with a flap area 4.5 percent of the frontal area.
Similarly, a small center-of-gravity shift is also very effective in
producing 1ift.
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Figure 11 illustrates the effect of a small amount of lift during
reentry. It 1s seen that with a lift-drag ratio of 0.2 the maximum
deceleration is roughly half of that with no 1ift. This value will also
stretch the range by 280 miles. Similarly, the landing point may be
deflected to the side by the use of 1ift. A 90° bank angle, for instance,

will provide a lateral displacement of roughly 60 miles with a lift-drag
ratio of 0.1.

These possibilities of variations in range or lateral displacement
of the landing point may be looked upon in two ways. As previously
stated it may be considered as a useful method of correcting errors in
the ballistic path.

However it should be pointed out that this condition should also
be considered as an indication that, in the case where a pure ballistic
reentry trajectory is desired, the ballistic path will be highly sensi-
tive to small aerodynamic misalinements and center-of-gravity displace-
ments. The employment of a slow rate of spin to produce an averaging
effect may prove to be a necessity in order to avoid this difficulty.
The use of a shape which is incapable of producing 1ift such as the
sphere would also avoid this difficulty.

CONCLUS ION

In conclusion 1t appears that, as far as reentry and recovery is
concerned, the state of the art is sufficiently advanced so that it is
possible to proceed confidently with a manned satellite project based
upon the ballistic reentry type of vehicle.
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TABLE I

COMPARISON OF NOSE_SHAPES
DIAMETER, 7FT

WEIGHT, 2,000 LB;

=L
Resd
15° /

R=2d
\q\:“)
53° ../"'
>

{H{L,S_d

NOSE SHAPE G+
Weoa 57 104 37 33
TOTAL HEAT INPUT, BTU | 338,000 | 414,000 | 293,000 | 256,000
MAXIMUM HEATING
RATE AT STAG POINT 125 215 166 64.5
BTU/(SQ FT) (SEC)
Cn 922 97 69 24
a
cL 0 47 -7 -1.32
a
Cmy T -09 -22 E
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ACCELERATION HISTORY DURING LAUNCHING
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PRELIMINARY STUDIES OF MANNED SATELLITES

WINGLESS CONFIGURATIONS: LIFTING BODY

By Thomas J. Wong, Charles A. Hermach, John O. Reller, Jr.,
and Bruce E, Tinling

Ames Aeronautical Laboratory
INTRODUCTION

An exploratory study has been made of a manned satellite in which
the man is considered to be an active part of the system during orbiting
and reentry flight. The maximum horizontal deceleration on a fixed-
geometry nonlifting vehicle is of the order of 8g. In order to take
this kind of loading, the man may have to be so securely supported that
he is essentially immobilized. On the other hand, a lifting vehicle
with a 1lift-drag ratio of 0.5 experiences a maximum deceleration of
about 2g. This is within the tolersble limit for a man in a sitting
position and is sufficiently low to permit him to have active control
over reentry. Because of the effectiveness of low lift-drag ratios in
reducing decelerations and the effectiveness of high drag in reducing
total heat convection (ref. 1), the possibility of using a modified
ballistic-missile shape as a lifting element was.considered. Another
attractive virtue of high-drag shapes is that they are known to have
aerodynamic characteristics which are relatively insensitive to changes
in Mach number and Reynolds number at high supersonic speeds in the
continuum-flow regime. Therefore, high-drag shapes can be investigated
in existing test equipment, and the aerodynamic characteristics obtained
are representative of those to be expected at the hypervelocities of
reentry.

Now consider how lift might be developed on a ballistic-missile
shape such as that shown .in figure 1. A symmetrical high-drag shape of
the type shown at the top left of the figure has a small lift-curve
slope so that increasing angle of attack is a relatively ineffective
method for developing 1lift. On the other hand, 1ift can be effectively
developed on a high-drag shape simply by removing the upper portion of
the body. On the resulting shape, the pressures which previously devel-
oped only high drag now develop high 1ift as well.

A configuration based on this concept is shown at the bottom of
figure 1. A cone with a semiapex angle of 300 was selected as a basic
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shape for this configuration. A blunter cone would, of course, have a
smaller amount of heat convected to it during reentry. However, a
blunter configuration would have less satisfactory stability character-
istics and would experience higher decelerations during reentry than
the configuration chosen. The body was made slightly deeper than a
half-cone to provide more usable depth for a given length, the corners
and nose were rounded to reduce local heat-transfer rates, and trailing-
edge flaps were provided for longitudinal and lateral control. Drag
can be increased by flaring all controls simultaneously, which provides
a method for varying the longitudinal glide range. The aspect ratio of
the controls was kept low (0.6) to minimize the effects of shock-wave—
boundary-layer interaction and Mach number on control effectiveness.

AERODYNAMIC CHARACTERISTICS

Theoretical Calculations

The aerodynamic characteristics of this configuration were calcu-
lated by using Newtonian impact theory for the nose, conical surface,
and controls and two-dimensional shock-expansion theory for the upper
surface; the pressure coefficient on the base was assumed to be 0.7 of
the vacuum pressure coefficient. Calculations were made for Mach numbers
of 3 to 6 and «. The calculations indicated that the configuration
would be stable and controllable at supersonic speeds.

Experiment

A series of wind-tunnel tests was conducted to verify these calcula-
tions and to determine the static stability and control characteristics
of the configuration at subsonic and low supersonic speeds. A representa-
tive portion of the results is shown herein. All force and moment coeffi-
cients are referred to the fuselage plan area (s = O.9L2), pitching-moment
coefficients are referred to body length, and yawing- and rolling-moment
coefficients are referred to body diameter.

Performance

The calculated and experimental values of trim 1lift coefficient and
1ift-drag ratios are shown in figure 2. At M =3 and above, the con-
figuration self-trims (i.e., with controls undeflected) at an angle of
attack of about 10° as shown. Also at M = 3 and above, theory and
experiment are in good agreement. At these speeds, little variation
with Mach number is observed, and the calculated values at M = o are
very close to the values obtained at M = 3 to 6.
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The configuration should therefore glide at a constant 1ift coeffi-
cient and a constant lift-drag ratio of about 0.5 throughout most of the
reentry speed range. Experimental data for this configuration were
obtained up to a Mach number of 6. Tests at Mach numbers from 3 to
12.2 of a similar configuration having a small wing also showed very
little change in aerodynamic characteristics at Mach numbers greater
than 4. At lower Mach numbers, the configuration is not self-trimming
at 1lift coefficients below the maximum. At these Mach numbers, the con-
figuration was trimmed with the lower controls deflected. The maximum
control deflection used was about 45° at M = 0.25.

Stability Characteristics

The static stability characteristics are presented in figure 3.
Values for longitudinal stability Cmm’ directional stability CnB, and

dihedral effect CZB are plotted as functions of Mach number. The

results indicate that the configuration is stable about all three axes
and at all test Mach numbers. Againat M = 3 and above, theory and
experiment are in good agreement, little variation with Mach number is
noted, and all measured values are close to the estimated values for

M = o, Preliminary calculations were made for the Dutch roll oscilla-
tion using the vehicle weight and trajectory to be discussed subsequently.
Assuming zero rotary and cross derivatives, it is indicated that the
oscillation is stable (although lightly damped) and has periods varying
from about 5 seconds at a velocity of 25,000 feet per second to & mini-
mum of 1.6 seconds at 5,500 feet per second.

Control Characteristics

High-speed control characteristics are given in figure 4. Incre-
mental changes in forces and moments with changes in control deflection
are given. Moments due to aileron deflection are shown on the left and
forces and moments due to elevator deflection are shown on the right.

The control loads, in general, are fairly well estimated by the Newtonian
impact theory. Thus, the effects of Mach number and shock-wave--boundary-
layer interaction are apparently negligible. The ailerons produce yawing
moments having the same sign as the rolling moments. This is desirable
for the proposed two-control operation of the vehicle. Preliminary cal-
culations indicate that these controls should have adequate effective-
ness when the dynamic pressure increases to about 7 pounds per square
foot. As mentioned previously, drag can be increased by flaring all
controls simultaneously. It is shown that the upper controls deflected
600 and the lower controls deflected about 35° have 1lift and pitching-
moment increments which are approximately equal and of opposite sign.
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With controls in this position the trim 1ift coefficient remains

about the same; however, L/D is reduced from about 0.5 to about 0.4k,
This reduction in L/D represents about 10 percent reduction in longi-
tudinal glide range or, for the trajectory to be considered in the fol-
lowing section, a variation of about TOO miles in longitudinal location
of the landing point. The results of this investigation indicate that

a vehicle of this shape can be made stable and controllable throughout

the reentry speed range.

TRAJECTORY

In order to calculate the trajectory, a total reentry weight of
4,000 pounds and a body length of 6% feet were assumed for the vehicle.

The vehicle was assumed to be in a circular orbit at an altitude of
100 statute miles, and it was assumed that sufficient reverse thrust
was used to bring the vehicle down to an altitude at which aerodynamic
drag becomes significant (in this case, about TO miles). From this
altitude the vehicle follows an equilibrium glide path calculated by
the method of Eggers, Allen, and Neice (ref. 2).

The variations of altitude and flight velocity with reentry range
are shown in figure 5. The total reentry range is about 20,000 miles.
It is apparent that the flight velocity remains close to satellite speed
over 80 percent of the range and that the glide phase amounts to about
1/3 of the total range. The total time of descent is 76 minutes. The
amount of reverse thrust employed (Tr = h& pounds) was fixed by the

requirement that the angle of descent and velocity at the end of reverse
thrust match up with the corresponding gquantities at the beginning of
the equilibrium glide trajectory. Thus, the transition to the glide
phase is accomplished without introducing an oscillatory or skipping
motion.

HEATING AND STRUCTURE

The convective heating experienced by the vehicle during reentry is
shown in figure 6. Heating rate q at various parts of the body is
plotted as a function of reentry range. The indicated heating rates are
for the case of a cool wall immersed in continuum flow and include the
effects of dissociation calculated by the method of Eggers, Hansen, and
Cunningham (ref. 3). Stagnation-point heating rates calculated by this
method compare well with measured values obtained by Rose and Stark
(ref. 4). Laminar flow was assumed in calculating the heating rates
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since the flight Reynolds numbers based on maximm diameter were less

than 106 throughout the critical heating range. It can be seen that

the majority of the heating occurs in the last half of the glide phase,
with the peak stagnation-region heating rate of about 71 Btu per square
foot per second occurring at an altitude of about 40 miles and a velocity
of 25,000 feet per second. Average heating rates at the bottom and top
surfaces are about 1/4 and 1/20 of the stagnation-region value, respec-
tively. The total amount of heat convected to this configuration is of

the order of 106 Btu for the entire period of descent. These heat loads
determine the heat-shield requirements for the configuration. One attrac-
tive heat shield may consist of a heat-sink material covered by an exter-
nal layer of ceramic insulation. The use of insulation appears attrac-
tive inasmuch as it permits higher surface temperatures with a resultant
increase in the portion of the total heat that can be radisted to the
atmosphere. The weight of heat-sink material required is thereby reduced.
The effectiveness of this approach in relation to other possible
approaches will be discussed in a subsequent paper by William A.

Brooks, Jr., Roger A. Anderson, and Robert T. Swann.

For the preliminary study made, a conservative unit weight of
f pounds per square foot of surface area was used. The resultant weight
breakdown for the vehicle is presented in figure 7 along with a sketch
of the vehicle. It can be seen that the heat-shield weight is about
l/h of the total weight of the vehicle. A possible arrangement for the
pilot and internal equipment are shown. Also shown are the aerodynamic
and reaction controls at the rear. In this structural concept, the
pilot and the equipment are contained in a pressurized capsule and the
external heat shield is thermally isolated from the capsule.

CONCLUDING REMARKS

As a result of this investigation it appears that a high-1ift high-
drag configuration of the type discussed has attractive possibilities
for the reentry of a satellite vehicle. Decelerations are low enough
to permit the pilot to perform useful functions during the reentry period.
The configuration appears to be stable and controllable down to subsonic
speeds and is sufficiently maneuverable to allow a lateral deviation of
about *230 miles and a longitudinal variation of sbout 700 miles in the
choice of a landing point. Moreover, it appears that this type of con-
figuration may have an acceptably low structural weight.
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PRELIMINARY STUDIES OF MANNED SATELLITES

WINGED CONFIGURATIONS
By John V. Becker

Langley Aeronautical Laboratory
PROBLEMS OF WINGED CONFIGURATIONS

Previous studies of hypersonic gliders have been concerned mainly
with those having a high lift-drag ratio (L/D). (Symbols used herein
are defined in the appendix.) 1In figure 1 it is seen that designs of
this type have undesirably long glide ranges for a typical reentry con-
dition. (This type of high L/D glider is shown in fig. 2.) Obviously,
operation at a lower lift-drag ratio would be preferable for satellite
reentry since long range within the atmosphere is of little significance.
With this low lift-drag-ratio mode of operation, the high-convective-heat
load characteristic of the glider with high lift-drag ratio can also be
avoided. A method of achieving low lift-drag ratios, which is particu-
larly favorable from the heating viewpoint, is to operate at high angles
of attack, extending upward to maximum 1lift. Because the requirements
for high lift-drag ratio configurations (such as slender fuselage pro-
portions, small leading-edge radius, and thin wings) are not necessary,
configurations like that shown in the lower sketch of figure 2 can be
considered. A range of the design lift-drag ratio from about 0.7 near
maximum 1ift coefficient to perhaps 2 at an angle of attack of 25° would
permit the reentry range to be varied by some 10,000 miles. This range
would provide a large margin for correcting errors made in the initia-
tion of the reentry. In a subsequent paper by Hubert M. Drake, Donald
R. Bellman, and Joseph A. Walker, the large lateral range capability,
which is also inherent in this type of winged vehicle, is discussed.

The deceleration rates for the maximum-lift-coefficient (CL,MAX)

type of reentry are very low, a fraction of 1l g; thus, at no part of the
reentry would the pilot's ability be limited by high deceleration rates
as it would be in the high-drag reentry vehicles.

Another mode of reentry for a winged vehicle is illustrated in
figure 1. The reentry is made without lift (or with only small 1ift)
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until low supcrsonic speeds are rcached, at which point a transition is
made to the normal glide attitude. In addition to permitting a normal
lending, the wing serves to produce a relatively low W/CDA with the
assoclated low heating rate. As has been brought out in the previous
papers, the use of low 1lift with high drag will reduce the peak decel=-
eration rate to a more acceptable level than that of the nonlifting
reentry. A brief review of the problems and potentialities of these
low-lift-drag-ratio modes of operation will be presented.

HEATING PROBLEMS CONSIDERED

The structure is assumed to be of the type in which nearly all the
imposed heat is disposed of by radiation rather than by absorption into
the structure. (Previous studies have shown that the absorption type
of structure tends to be excessively heavy for winged gliders.) The
primary design factér for the radiation structure is the peak heating
rate, which determines the peak or design value of the skin temperature.
The extent to which the use of high 1ift can alleviate the heating
environment will be considered first. In figure 3, machine-calculated

trajectories are shown for the optimum-lift case (QCL MAX)’ the optimum-
2
drag case (QCD MAX)’ and an intermediate case for high drag and low 1ift.
2

0f interest is the condition for peak heating which occurs in all cases
near V = 22,000 ft[sec. Since the velocity is essentially fixed, the
rezk stagnation heating rate depends mainly on the atmospheric density
and radius of the body nose. TFor the present, only the density or envi-

1/2 .
rcnmental factor is considered; that is, the parameter gyaxT / will be

investigated as a function of the factors W/S, Cy, and Cp which con-

trol the trajectory. The corresponding parameter qMAXXl/g’ for the

lower csurface of the wing, will also be evaluated for comparison pur-
poses. Figure 4 presents these heating parameters plotted against wing
loading (or disk loading for the bodies). These parameters increase as

<W/S)l/2. Comparicson of the two upper curves for the spherical nose
shape indicates the extent to which the use of CL,MAX has alleviated

the heating problem; the optimum-lift case has about one-half of the
heating parameter of the optimum-high-drag case, a result which agrees
with that obtained by Dean R. Chapman. The flat-faced shapes, such as
the airplane at a = 90°, have the benefit of a more favorable nose
shape which reduces their stagnation-heating parameter to about the
same level as that of the spherical nose in the lifting case. The
surface-heating parameter i1s considerably lower than the stagnation-
heating parameter because of the lower pressures on the surface.

-
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These comparisons (illustrated in fig. 4) show the beneficial
effect of 1ift on the heating enviromment. An additional favorable nose
shape factor effect is present in the lifting case. That is, a spherical
nose faired into a flat wing surface at a high angle of attack will have
a lower stagnation heating rate than the isolated spherical nose shape
operating at the same altitude. This shape effect will reduce the
heating-rate parameter to a level below that of the lifting case of
figure 4 which includes only the environmental effect. This shape fac-
tor is not known accurately for the angle-of-attack range and for the
wing plan forms of greatest Interest in this problem.

The leading edge is of greater practical importance than the nose
of the configuration because of its much larger area. The basic heating
rate for the leading edge will be less than that of the nose by a fac-
tor of about 0.7 in transforming to quasi two-dimensional flow. Some
further beneficial effect can be achieved by sweep. Obviously, how-
ever, the effective sweep angle AITT at high angles of attack 1s less

than the plan-form geometric sweep angle A0 according to the rela-

tion sin Appp = sin Ay cos a. An estimate of the leading-edge maximum-
heating-rate parameter in which all the above modifying effects were
included indicates values of about the same level as the surface heating-~
rate parameter of figure 4. Further heat-transfer research on wings

with blunt swept leading edges at high angles of attack and high Mach
number is needed.

In figure 5 the peak heating rate is calculated from the parameters
of figure & for typical dimensions of lifting and nonlifting vehicles.
The long-dashed line (fig. 5) applies to the surface at a distance of
0.5 foot from the leading edge of an assumed sharp-edged wing. A leading-
edge radius of the order of 0.5 foot is estimated to produce about the
same heating rate as the surface at x = 0.5 foot. (In practice a
somewhat smaller radius should be possible if internal radiation from
the leading edge to the upper surface of the wing occurs. Heat conduc-
tion through the structure will also tend to reduce the skin tempera-
ture at the stagnation point.) It is interesting to note that the
average rate for the lower surface of the wing in the high-drag zero-
lift reentry is slightly lower than the lower surface lifting case.
Thus, the same basic wing structure would be adequate for either type
of reentry. The horizontal short-dashed line (fig. 5) represents the
rate at which heat can be radiated from a blackened surface at
2,000O F. This rate represents a nominal upper limit for pertinent
metallic structures. Evidently, wing loadings of 30 pounds per square
foot or less are required for radiation structures for this applica-
tion. When the winged vehicle is compared with a capsule of 2.5-foot
radius, 1t is clear that the capsule will generally require the heat-
sink approach, since the disk loading will usually be 50 pounds per
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square foot or higher. An exception to this requirement can be achieved
by use of a parachute or similar drag device capable of reducing the
capsule disk loading to 10 pounds per square foot or less. (It should
be noted that the drag capsule has a comparatively low total heat load

as has been pointed out in the previous papers. Thus, it is not depend-
ent on the use of a radiation structure for low weight to the same extent
as the lifting case.)

An important heating problem for winged vehicles arises during the
initial dip into the atmosphere and the subsequent pull-up to the desired
glide path. Reentry will occur at an angle ranging upward to perhaps
as high as -3°, depending on the shape of the orbit, the retrograde
action utilized, and the type of vehicle. The typical path shown in fig-
ure 6 is for a 7y = -1° reentry at Cp = 1 that is followed by the
indicated pushover into either glide path. A peak in the skin tempera-
ture will occur at the bottom of the dip (see fig. 6); this peak temper-
ature cannot be allowed to exceed the peak design temperature that is
reached later in the glide at V = 22,000 ft/sec. By using machine
calculated trajectories for the atmosphere (ARDC model 1956), ‘I‘l has

been evaluated for the range of reentry angles shown in figure . Evi-
dently, angles as high as -1° are feasible for a design temperature of -
2,000° F. Thus, the radiation structure, contrary to what is sometimes
believed, is not restricted to the gradually decaying orbit type of

approach to the glide path. The results of figure T can be extended to

other wing loadings or CL values from the relation Tl « (g CL>1/8

EXPERIMENTAL LIFT RESULTS

Exploratory experiments at M = 7 and 10 for several winged con-
figurations at high angles of attack have recently been completed. The
static stability, control, and trim results are discussed in a subsequent
paper by Robert W. Rainey. Additional data for both lifting and non-
lifting configurations are included in a subsequent paper by Jim A.
Penland and William D. Armstrong. These papers conclude that statically
stable trimmed configurations for high angle-of-attack operation can be
achieved. However, additional data are required at angles of attack
above 30° (the 1limit of most of the tests to date) and at higher Mach
numbers.

One of the objects of this experimental program was to determine
the maximum 1lift capability of these vehicles, since this factor is
important in the heating problem. Figure 8 summarizes the available
experimental data at M = 6.9 for delta wings of various plan form and
cross section. The 1lift is referenced to the theoretical two-dimensional
value for a flat plate and is plotted against angle of attack. An
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extrapolation from 30°, the limit of the tests, to 45° is involved as

is shown by the long-dashed lines. Examine first the sharp-edged wings
of increasing sweep and note that in all cases the flow is detached

from the leading edge at the high angles of attack and significant
losses in 1lift occur as the sweep is increased. A thick wing with a
sweep of T0° and a large leading-edge radius (indicated by short-dashed
lines), which is representative of an all-wing satellite vehicle, is
compared here with the sharp thin wing. A loss in 1ift of about 10 per-
cent is noted for the thick wing. A wing-body combination, which had a
large leading-edge radius and blunt fuselage (configuration 3-B in the
subsequent paper by Jim A. Penland and William D. Armstrong), is com-
pared with the 750 sharp wing, and a loss of some 5 percent is noted.
These results can be interpreted to indicate that a configuration with

a T0° swept wing and a large leading-edge radius would have a 1lift
coefficient Cp of about 0.8, the value assumed in the previous heating

evaluations.

In the extrapolation of these results to the much higher speed (but
still continuum flow) regime where heating i1s critical, no large dete-
rioration of the lift from the values indicated in figure 8 are antici-
pated. For example, the Newtonian maximum 1lift is 0.77, and the shock-
expansion value at shock detachment is of the order of 1.0 at M =~ 22.

CONFIGURATIONS CONSIDERED

Consider first a possible configuration for the high-drag type of
reentry winged vehicle. The serodynamic and structural supporting
studies of this type of vehicle are in a less advanced state than those
for the hypersonic glider but, nevertheless, a few generalizations can
be made. A significant feature of the high-drag reentry vehicle is that
the wing plan form is not subject to any obvious restrictions. Further-
more, since all components are completely shielded by the wing during
reentry, they can be shaped to produce an optimum configuration for low-
speed approach and landing. (The boost phase would probably present
the most serious structural problem for these components which are
shielded during reentry and might impose some additional shape restric-
tions that are not considered here.) A design which capitalizes on the
potentialities of the drag-type reentry is shown in figure 9. The cir-
cular section on the lower surface of the wing is intended to promote
static stability in the reentry attitude. The wing tips fold outward
to effect the transition to normal gliding flight and to provide static
stability at subsonic speeds. A lift-drag ratioc of the order of 10, a
turning radius of less than 1,000 feet, and a landing speed as low as
> knots should be possible with this type of configuration.
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A minimum winged vehicle capable of reentry from orbit is repre- -
sented in figure 10. This design is intended primarily for the high-
1ift hypersonic-glide type of reentry, but it would also be capable
structurally of the high-drag reentry. The leading edge and the lower
surface are designed to radiate all the imposed heat load with a maxi- -
mum design temperature of 2,000o F. A discussion of the structural
concepts applicable to this type of vehicle is given in a subsequent
paper by William A. Brooks, Jr., Roger A. Anderson, and Robert T. Swann.
The fuselage is a pressure capsule essentially independent of the wing
structure. Some upward tilt of the nose of the wing 1s required for
trim at high angles of attack. The flaps extend rearward for low-speed
stability. With an estimated low-speed lift-drag ratio of about bk, this
vehicle could be landed under favorable conditions but, obviously, it
would be less satisfactory in this respect than the previous design.
Aerodynamically, the design might be improved by using less sweep,
extending the flaps outward instead of rearward, and by using a smaller
leading-edge radius. The use of a smaller leading-edge radius would,
of course, require substitution of a material that would withstand
higher temperatures or the use of a coolant in the leading edge. The
use of a small jet engine would greatly simplify the landing operation.

The weight estimate for this minimum manned winged satellite vehi-
cle is noted. A payload of 1,400 pounds is assumed (a payload that is
200 pounds more than that considered necessary in the drag capsule vehi-
cle discussed by Maxime A. Faget). The structural and systems weights .
are estimated to be 1,660 pounds on the basis of the analysis of William
A. Brooks, Jr., Roger A. Anderson, and Robert T. Swann for their unpro-
tected thick-wing case. The gross weight of 3,060 pounds is only about
1,000 pounds higher than that of the minimum drag vehicle. Thus, it may -
be concluded that the minimum winged satellite vehicle is not prohib-
itively heavier than the drag type. The weight is sufficiently low to
permit launching by booster systems similar to that for the drag vehicle
described in a previous paper by Maxime A. Faget, Benjamine J. Garland,
and James J. Buglia.
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- APPENDIX
SYMBOLS

.

fl,f2 functions

a tangential acceleration

a angle of attack

\') velocity

L 1ift

D drag

W weight

S surface area

Cy 1ift coefficient
’ Cp drag coefficient

q convective heat-transfer rate
- o) density

X distance

r radius

T temperature

reentry angle

A sweep angle
A cross-sectional area
M Mach number

»
€ emissivity
Subscripts:

L]
0 zero angle of attack
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initial
satellite
maximum
effective
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HIGH-DRAG RE-ENTRY CONFIGURATION
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PRELIMINARY AERODYNAMIC DATA PERTINENT TO MANNED
SATELLITE REENTRY CONFIGURATIONS
By Jim A. Penland and William O. Armstrong

Langley Aeronautical Laboratory
SUMMARY

Some recent experimental data, together with calculations made by
the modified Newtonian and shock-expansion theories, are presented for
a variety of aerodynamic shapes considered for use as manned reentry
vehicles. These vehicles were grouped in three basic categories: non-
lifting bodies, lifting bodies, and airplane-like vehicles. The results
indicate that from aerodynamic considerations, all of these configuration
types are suitable for consideration as manned reentry vehicles.

INTRODUCTION

The aerodynamic characteristics of satellite reentry vehicles at
hypersonic speeds are essential for adequate prediction of their reentry
characteristics. The purpose of the present paper is to present some
basic data of this type obtained in the Langley ll-inch hypersonic tun-
nel at M = 6.9 in air. The data concern three types of configurations:

(1) Axisymmetrical nonlifting bodies that would follow purely
ballistic reentry paths.

(2) Bodies equipped with flaps capable of being trimmed to produce
finite 1ift. These are referred to as lifting bodies.

(3) Highly swept airplane-like configurations.

Comparisons of the experimental results with theoretical predictions are
included.
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Cp

SYMBOLS

frontal area
mean aerodynamic chord

drag coefficient, based on wing area or maximum body cross
section

drag coefficient at zero angle of attack

1lift coefficient, based on wing area or maximum body cross
section

1lift coefficient at C, = O

pitching-moment coefficient, based on mean aerodynamic
chord or body length

pressure coefficient
maximum pressure coefficlent
diameter

elevator incidence angle
nose incidence angle

body length

lift-drag ratio

lift-drag ratio at Cy =0

Mach number

Reynolds number based on mean aerodynamic chord or maximum
body diameter

radius

unshielded area of flaps

DR
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SREF reference area
W weight
Xep center of pressure, percent body length
a angle of attack
o) flow-deflection angle
6 cone semiapex angle
CONFIGURATIONS

Sketches of the test configurations are shown in figure 1. The
configurations include seven nonlifting bodies, two lifting bodies, and
two airplane-like configurations.

RESULTS AND DISCUSSION

Nonlifting Bodies

For nonlifting reentry vehicles, the aerodynamic characteristic of
main interest is the drag coefficient, since W/CDA is the predominant
variable in determining range and heating. Figure 2 compares the meas-
ured drag at M = 6.9 of a series of cones and cone-cylinders of various
apex angles at zero angle of attack with predictions made by shock-
expansion theory and by modified Newtonian theory; that is, the local

pressure coefficient is given by Cp = Cp,MAX sin®s where & is the

flow-deflection angle (refs. 1 and 2). Calculations by shock-expansion
and modified Newtonian theory were made for only the cones, with no
allowance for skin friction. Additional experimental data are given in
reference 3 for cones and cone-cylinders in which the afterbodies were
4 diameters long.

Figure 2 shows good agreement between the predictions by shock-
expansion theory and experimental data up to a semiapex angle near shock
detachment (56.7° for M = 6.9). Modified Newtonian theory shows rather
poorer agreement with experiment and tends to underpredict drag for the
less blunt cone shapes and to overpredict drag for the more blunt shapes.
It may also be seen from this figure that the increase in experimental
<Ctbc:0 with increasing apex angle beyond shock detachment is relatively

<y
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small, This variation in (CD) =0 follows a linear path beyond shock

detachment, with the value for a circular disk normal to the stream
(6 = 900) falllng between the values calculated by assuming stagnation
pressure and static pressure behind the normal shock.

The drag coefficients and center-of-pressure location for a repre-
sentative group of nonlifting reentry shapes over a wide Mach number
range are shown in figure 3. All data shown in this figure other than
that at M = 6.9 were obtained from references 4 to 8. The drag coef-
ficient (lower half of figure) predicted by modified Newtonian theory
remains relatively constant with Mach number above a Mach number of
about 4. This prediction is fairly well verified by experimental data
taken on the cylinder and sphere, which were tested up to Mach numbers
of about 7 and 10, respectively. The measured data indicate that there
is little change in drag with Mach number in the hypersonic speed range
from 7 to 10 and it appears reasonable to assume that in continuum flow
these data are representative of the entire hypersonic speed range.

The upper half of figure 3 shows that modified Newtonian theory
fairly accurately predicts the center-of-pressure location for those
bodies shown. It appears that these bodies can be made statically stable
in the hypersonic speed range with practical center-of-gravity locations.

Lifting Bodies

The second group considered in this paper consists of high-drag
configurations which can utilize same 1ift to decrease reentry decelera-
tions and provide limited range control.

The accuracy with which predictions may be made on simple bodies
over a wide angle-of-attack range is of fundamental interest when con-
sideration is given the aerodynamics of high-drag lifting configurations.
Figure U4 compares the experimental drag coefficient of a series of cones
of various apex angles at M = 6.9 and at angles of attack up to 130°
with calculations made by the modified Newtonian theory. It is seen
that the modified Newtonian theory gives an excellent representation of
the trends of the drag coefficient fér cones with angles of attack from 0°
to 130°,

Figure 5 shows the details of configuration 2-A, a drag-type reentry
vehicle with flaps for trimming the vehicle at some positive angle of
attack, to obtain 1lift for trajectory-path control. This configuration
consists of a frustum of a 15° half-angle cone with a spherical nose.

The untrimmed experimental and modified Newtonian longitudinal char-
acteristics of this configuration are shown in figure 6. The configuration

TeGoiRiiiey
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is statically stable about a moment reference cemter at 50 percent of
the body length. Theory and experiment are in excellent agreement for
pitching moment. The lift-curve slope is positive and the 1lift coef-
ficient is also predicted fairly well by theory through the angle-of-
attack range. The predictions of Cp and L/D are much less accurate

than are the predictions of Cj, and Cp, as is to be expected, since
theory underpredicts drag for this configuration.

The experimental trim characteristics of this configuration at
M = 6.9 are shown in figure 7. The flaps used for trim have an effec-
tive area equal to 8.8l percent of the body base srea. The configura-
tion is statically stable for all conditions of the tests. With flap
deflections of -20° and -40°, the vehicle was trimmed at angles of
attack of 4° and 109, respectively. There is a noticeable reduction in
L/D due to increasing trim drag with increasing trim effectiveness.

Figure 8 is a detailed sketch of configuration 2-B, which repre-
sents a more blunt reentry vehicle. This model consists of a reverse
frustum of a 15° half-angle cone with spherical bases. The vehicle is
trimmed with a drag-type flap, located on the circumferential edge of
the front surface, which has an area 4.5 percent of the base reference
area. Figure 9 presents the untrimmed (flap removed) longltudinal sta-
bility characteristics of this reentry vehicle through an angle-of-attack
range fram 0° to 90°. This figure gives an indication of the general
aerodynamic characteristics of a very blunt reentry body over a wide
angle-of -attack range and compares the results of experimental data with
that obtained by modified Newtonian theory.

The trends of Cj, Cp, and L/D are predicted reasonably well by

the modified Newtonian theory; however, pitching-moment coefficient is
not very accurately predicted. It can be seen fraom the pitching-moment
data that this body is statically stable up to an angle of attack of 45°.
The lift-curve slope for this vehicle is negative and meximum L/D is
about 0.5 at an angle of attack of -40°. Configuration 2-B has approxi-
mately the same volume as configuration 2-A (shown in fig. 5), but as

a result of the increase in body bluntness, configuration 2-B has approx-
imately three times the drag of configuration 2-A.

The experimental trim characteristics of model 2-B with the flaps
on are shown in figure 10. The pitching moment and lift-drag ratio are
presented for various flap angles through an angle-of -attack range
from 0° to 45°. This vehicle is statically stable throughout the range
of angles of attack of the tests and was trimmed at angles of attack up
to 23° with flap deflections up to 140°. The moment reference for these
tests was 29 percent of the body length from the nose. The lift-drag
ratio for this vehicle is negative for positive angles of attack, and
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shows little change due to trim. Because of the negative lift-curve
slope, this configuration would have to be flown at negative angles of
attack to generate positive 1lift.

Airplane-Like Configurations

The final category of manned reentry vehicles considered in this
investigation is the airplane-like configuration, or glider, utilizing
both high 1lift and high drag to control reentry decelerations. This
vehicle can be operated at a higher L/D than the other two basic
reentry categories discussed. This higher L/D permits the glider to
exercise greater control over range and position, and therefore more
latitude is allowed in landing-site selection and touchdown. Figure 11
shows the all-wing configuration 3-A. This delta-plan-form configura-
tion is trimmed longitudinally by a combination of nose and flap deflec-
tions. As indicated in this figure the nose can be deflected upward to
an angle of 20° and the flaps can be deflected from 20° to -20°. Direc-
tional control can be maintained by lateral deflection of leading-edge
side plates located at the rear of the model.

Figure 12 presents the untrimmed longitudinal-stability character-
istics of this vehicle at a Mach number of 6.9. The experimental values
of Cp, Cr, Cp, and L/D are compared with values obtained by shock-
expansion theory over the angle-of-attack range. The two-dimensional
theory used here would be expected to overestimate the 1lift and drag
at high angles of attack because of leading-edge-flow-detachment effects.
However, the theory does predict fairly accurately the pitching-moment
coefficient throughout the range of angles of attack. This configuration
is statically stable with the center of gravity located at 42 percent
mean aerodynamic chord and has a maximum untrimmed L/D of about 2.

The trim capabilities of configuration 3-A are presented in fig-
ure 13 for various nose and flap deflections. Plotted in this figure
are (CI)TRIM’ (L/D)TRIM’ and flap incidence for trim against angle of

attack for nose settings of 0°, 109, and 20°. The data cover a trim
angle-of -attack range up to 30°. If the experimental data are extrapo-
lated, it appears that with various combinations of nose and flap
settings this vehicle can probably be trirmed at angles of attack
approaching 50°. Maximum (L/D)TRIM is about 1.7 at a = 10° and

decreases to values less than 1.0 at the higher angles of attack.
Figure 14 shows details of configuration 3-B, which consists of a

flat delta-wing model with a spherical nose, a large uniform leading-
edge radius, and a cone-shaped body mounted on the upper surface.
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The untrimmed longitudinal characteristics of this configuration
at M = 6.9 are shown in figure 15. This model appears to have a region
of low static stability at small angles of attack but shows increasing
stability with increasing angle of attack. The maximum L/D is
about 2.9 and occurs at an angle of attack of 10°.

CONCLUDING REMARKS

Results are presented of an aerodynamic investigation at Mach num-
ber 6.9 of several configurations of interest for satellite reentry
in the nonlifting-body, lifting-body, and winged categories. Prelimi-
nary analysis of these data indicates that trimmed, statically-stable
arrangements are attainable for practical designs in each category.
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EFFECT OF MACH NUMBER ON DRAG AND CENTER OF PRESSURE
OF NONLIFTING REENTRY BODIES
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DETAILS OF CONFIGURATION 2-A
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EXPERIMENTAL TRIM CHARACTERISTICS OF CONFIGURATION
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DETAILS OF CONFIGURATION 3-A
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STRUCTURAL DESIGN CONSIDERATIONS FOR BOOST-GLIDE
AND ORBITAL REENTRY VEHICLES

By William A. Brooks, Jr., Roger A. Anderson,
and Robert T. Swann

Langley Aeronautical laboratory
INTRODUCTION

The preceding papers have discussed the aerodynamics and heating
of several vehicles designed for atmospheric reentry from satellite
orbits. Because of large heating inputs, some fundamental questions
about the structure of these vehicles are also ralsed. Although there
are many factors which influence structural design, only a brief exam-
ination of the relationship between heating input and structural weight
is discussed here. For this purpose the heating inputs associated with
the four vehicles shown in figure 1 are employed.

SYMBOLS
Be beryllium
Mi bending moment per inch (intensity)
o] heating rate
Te equilibrium temperature
€ emissivity
Subscript:
MAX maximum
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DISCUSSION

The first vehicle shown in figure 1 (vehicle A) is a high-drag
zero-1ift reentry body; the second (vehicle B) is a reentry body which
develops a small amount of 1ift; the third (vehicle C) is a reentry
glider which utilizes a large amount of 1lift; and the fourth (vehicle D)
is a boost glider with a high lift-drag ratio. The heating histories
for all three of the reentry vehicles were calculated for a small
entrance angle to the earth's atmosphere. The heating for the boost
glider is associated with a boost to 18,000 feet per second at an alti-
tude of 180,000 feet and a glide to earth over a 5,000-mile range.
Individual histories show significant differences in time duration of
heating and in maximum heating rate as well as in total heat input
which is given by the area under each curve.

The vehicles which develop the highest 1ift-drag ratios, vehicles C
and D, have the lougest duration of heating and the highest total heat

input. Total heat input varies from about 6,000 Btu/ft2 in the case of

the zero-l1ift body to over 20,000 Btu/ft2 for the boost glider. It
should be noted that the heating hlstory for the ballistic reentry
capsule (vehicle A) has a peak rate of heating about an order of magni-
tude less than for comparably shaped ballistic missiles which reenter
at steeper angles, whereas the duration of heating is about an order of
magnitude greater.

The curves shown in figure 1 are applicable to particular areas on
each vehicle. For vehicle A the heating history applies to the stagna-
tion region but is very close to the average over the entire face. For
vehicle B a large variation in heating rate is encountered along the
under surface. The curve shown gives the average rate along the center
meridian of the under surface. In the present analysis this average
rate is taken as indicative of the heating problem for the vehicle.

For both of the gliders (vehicles C and D), the heating history applies
to a point one foot rearward of the leading edge on the lower surface
of the wing and is taken as indicative of the structural problem for
the wing. In the present paper, the heating of the leading edges of
the gliders is not considered, inasmuch as the appropriate structural
treatment for this region depends heavily on the degree of leading-edge
bluntness.

The heat inputs are next considered from the standpoint of the
structural design problems that they present. A very important design
consideration is the level of temperature that may be encountered. An
indication of potential structural temperature is provided by the scale
at the right in figure 1. These are the surface temperatures at which
a balance is achieved between the convective heat input and the radiation

DNy
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output from a surface having an emissivity of 0.8. If 2,000° F is

taken as the maximum temperature at which present structural metals can

be used with some reliability, it is apparent that the maximum equilib-

rium temperatures for important areas of these vehicles are equal to or

greater than present structural-material operating limits. Basic struc-
tural approaches for handling this situation are shown in figure 2.

The first approach is that of an unprotected structure represented
by a sandwich skin of high-temperature material. Structural tempera-
ture in this case is controlled only by the heat capacity available in
the skin and the ability of the structure to radiate the incoming heat.
This approach can be used in those areas of the vehicles where struc-
tural weight is not greatly increased by operation at high temperatures.

The remaining approaches are basically methods to either block or
absorb a portion of the convective heat input in order to limit the
rise in structural temperature. The simplest method is to supply a
thicker structural skin (approach 2) in order to obtain the required
capacity to absorb heat. Alternatively, heat capacity of the structure
can be raised by the incorporation of materials of higher specific heat,
such as beryllium, or by the addition of a coolant, such as water. This
type of approach is ideally suited to the vehicle with a high peak
heating rate but with a small total heat input.

A third spproach makes use of an external heat shield or insulation
to retard the flow of heat to the structure and, hence, increase the pro-
portion of heat which is radiated. The heat which passes through the
insulation must be absorbed by the structure or by a cooling system
which is indicated here (fig. 2) by some piping. With this approach,
some of the problems in the design of the primary structure are trans-
ferred to the heat shield which must withstand the effects of a high-
temperature boundary layer. This approach is considered for vehicles B,
C, and D.

The fourth approach, which is known as ablation, makes use of an
external layer of material which absorbs heat as it is consumed during
the heating period. Application of this technique may be feasible for
the high-drag bodies which have higher rates of heat input.

The weight associated with the use of an unprotected structure for
the wings of the glide vehicles is considered first. Figure 3 shows
how the weight of the wing primary structure is affected by design tem-
peratures. Two types of structures are considered: One is a thick wing
with sandwich cover skins and may be suitable for a reentry glider
with blunt leading edges. The other is a thin wing of full-depth honey-
comb construction which may be sultable for a boost glider of higher
aerodynamic efficiency. The weights were computed by using a value of
bending moment of 5,000 in-1b/in., vhich is conservative for the
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maneuver loads but which provides a needed margin for carrying thermally
induced bending moments in a hot structure. Structural materials appro-
priate for the temperature range were used. These materials are in cur-
rent use for engine construction. Haynes alloy No. 25 is a cobalt-base
alloy and René L4l is a nickel-base alloy superior to Inconel X. For the
thin wing, the wing depth was allowed to vary between 2 and 4 inches in
order to obtain the least weight at any given temperature. 1In the
design temperature range for these vehicles, which is 1,600° F and
higher, it 1s seen that the weight begins to rise sharply because of
rapid deterioration in the strength of available materials.

Tn the case of the thick wing, a constant weight with increasing
temperature is obtained up to 1,900° F. This result simply reflects
the fact that for a thick, lightly loaded wing the weight is determined
by minimum sheet gages rather than by loads. It was assumed that a
minimum gage of at least 0.010 inch 1s desirable for the construction
of sandwich panels which are to be subjected to a hypersonic airstream.

It is of interest now to compare these basic structure weights with
the weight required to provide adequate insulation to a wing of a glide
vehicle. Figure 4 gives the combined welght of insulation and coolant
required to maintain the wing structure at specified temperatures.

These weights were computed by using the particular boost-glider heating
history which has a maximum equilibrium temperature of 1,900° F. The
lower curve shows the weight when a highly efficient insulating material
is used in combination with a cooling system. The cooling system is
assumed to be capable of absorbing 1,000 Btu/lb of cooling-system weight.
This analysis indicates that insulation and cooling weights of between 2

and 2% lb/ft2 of wetted wing area are required to maintain structural tem-

peratures at values significantly below the maximm equilibrium value of

1,900O F. 1In an alternate calculation, the cooling system was replaced
by beryllium in order to augment the heat capacity of the structure, and
from the resulting upper curve it is seen that larger weights are
obtained. Although the weight difference between the two curves may not
be considered large, it was found that the optimum-weight combination

of insulation and beryllium gives rise to insulation thicknesses that
may be unacceptable, particularly at low structural temperatures. At
500° F the insulation thickness associated with the upper curve

approaches 5 inches, as compared with about l% inches for the lower

curve. However, at allowable structural temperatures of l,OOOO F and
higher, this difference in insulation thickness is not so large, and
the nommechanical system begins to compare favorably with a mechanical
cooling system.

If the heat-protection weights and the weight of the primary struc-
ture for corresponding design temperatures are now added together, the
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total weights shown in figure 5 are obtained. Inasmuch as primary
structure weight increases and heat-protection weight decreases with
increasing design temperature, a nearly uniform trend in combined struc-
ture and heat-protection weight prevails. It is seen that minimum
weight is achieved by keeping the structure at a low temperature with
insulation and a cooling system. However, if the structural tempera-
ture is allowed to rise to 1,300° F, both an insulated structure with a
cooling system and an insulated structure augmented by a beryllium heat
sink provide essentially equal weights.

The weights for the insulated wing may be compared with the weight
of an unprotected thin wing shown by the solid-curve segment on the
right in figure 5. This curve is a portion of the weight curve for thin
wings shown in figure 3 and spans the range of probable design tempera-
tures for the particular heating history being examined. The lower end
of the curve is at 1,750° F, which is the estimated temperature of the
lower surface of the wing when heat is transferred by radiation to the
cooler upper surface. The upper end of the curve is at 1,900O F, which
is the maximum possible structural temperature for this heating history.
It is obvious that at these temperature levels, small changes in the
design temperature for the structure produces large changes in the weight
of unprotected wings, and for this reason, on a weight basis, there is
not a clear-cut choice between protected and unprotected wings. It is
evident, however, that by considering both of these approaches, the
weight of the wing of a boost glider is bracketed between 3 and k4 1b/ft2

of wetted area, or 6 to 8 lb/ft2 of plan-form area. On the other hand,
for a small lightly loaded reentry glider which could use a thick wing,
it does not appear that an insulated structure will provide a weight
saving unless structural design temperatures exceed 2,000° F.

A corresponding weight analysis has been made for fuselages where
cooling of the contents was assumed to be a design necessity. This
analysis shows that it is desirable, from weight considerations, to
externally insulate the fuselage structure for a vehicle such as a
boost glider which may have large pressurized areas; however, for a
reentry glider with only a small lightly pressurized cabin, an unpro-
tected structure with internal insulation appears to lead to the least
weight.

High-drag reentry vehicles which are subjected to higher peak rates
of heating and, hence, must have protection in some form for a successful
design are considered next. Figure 6 gives the heat input that must be
absorbed in order to keep structural temperatures in the range under
2,000° F. The left-hand end of each of these curves gives the total
amount of heat that must be absorbed for only a minor temperature rise
in the structure. These values may be assumed to represent the heat
input to an ablation shield. The amount of heat that must be absorbed
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by a metallic heat sink which is permitted to rise in temperature is
given by the solid curves, while the dashed curves give the heat capacity
required in an ideal cooling system. The difference in required heat
capacity between the heat-sink and cooling-system curves for each vehicle
arises because radiation cooling is more significant for the cooling
system.

This difference is explained with the use of figure 7. Here the
heating-rate histories for the two high-drag vehicles A and B are shown.
The operation of an ideal cooling system can be defined in the following
manner: The cooling system is not operated during the initial heating
period; therefore, the structure, having very little thermal inertia,
rapidly reaches some desired temperature limit as shown by the dashed
line. At this time the cooling system is put into operation, and a con-
stant structural temperature is maintained until the heating rate reaches
the peak value and drops back to the material limit line. The total heat
absorbed by the coolant is equal to the cross-hatched area above the
dashed line, and the area beneath the dashed line represents heat that
is radiated by the hot structure. On the other hand, a metallic heat
sink designed for the same temperature limit has a much slower tempera-
ture response, shown by the lower solid curves, and does not reach peak
temperature until near the end of the heating cycle. The bounded areas
above the curves represent the heat which must be absorbed, whereas the
areas below the curves represent the heat radiated by the hot structure.
It is apparent that with heat-sink designs, a smaller proportion of the
heating input can be radiated and more must be absorbed by the metal.

The difference between the amount of heat that can be radiated by a
heat-sink structure and a structure with a cooling system is seen to be
fairly significant for the heat input for vehicle B but of much less
importance for vehicle A. This fact is also reflected by the differences
between the curves of figure 6. From the standpoint of practical opera-
tion, it may be expected that the heat absorbed by actual cooling sys-
tems will lie between the extremes represented by the ldeal cooling
system and by the simple metallic heat sink.

The weight associated with these two methods of absorbing heat is
shown in figure 8 for the high-drag zero-lift vehicle. The weight of a
heat sink obviously depends on the specific heat of the material and
the temperature rise permitted. Beryllium was chosen for the material
because of its high specific heat, and a temperature rise less than its
melting point, which is about 2,300O F, was utilized. For the cooling
system a constant cooling efficiency of 1,000 Btu/lb, which, for example,
can be achieved by boiling water, was assumed. The weight of actual
systems of this efficiency will lie in the hatched band between the
curves, with the weight of the ideal system given by the lower edge of
the band. From this comparison it is seen that a temperature rise of
1,600O F in a beryllium heat sink leads to the same weight as does the
mechanical cooling system. It is believed that a temperature rise of
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this magnitude can be permitted in a beryllium shield backed by a load-
carrying structure. The required beryllium weight is about 6 1b/ft2.

The weight of an ablation heat shield may be estimated from the
coolant curve if it is assumed that an effective heat of ablation of
1,000 Btu/1b can be realized under these low-heating-rate conditions.
On this basis, the least weight of such a shield would also be 6 1b/ft2.
This weight represents the weight of material actually consumed and
makes no allowance for an additional thickness required to prevent heat
fraom flowing into the structure during the heating period. Relatively
little is known about the ablation of materials under heating rates of
less than 75 Btu/ftg-sec, but it is obvious that acquisition of a suit-
able ablating material will provide an attractive alternate to a metal
heat shield.

Analyses similar to these have been carried out for the semibal-
listic reentry vehicle (vehicle B), and the results are shown in fig-
ure 9. Because a larger total heating input 1is involved for this
vehicle, several methods for absorbing heat were investigated. 1In
addition to results for the cooling system and the beryllium heat sink,
results are shown for a beryllium-oxide heat sink, a beryllium heat
sink insulated with ROKIDE "Z", and a beryllium heat sink insulated
with a very low conductivity, lightweight ceramic. A berylliumeoxide
heat sink offers no weight advantage over a beryllium heat sink for an
equal temperature rise, but it does offer a possibility for operation
at higher temperatures. At these higher temperatures, radiation of
heat becomes very significant, and a beryllium-oxide heat sink operating
at a very high temperature can provide a welght saving over a beryllium
heat sink operating at a lower temperature. A more promising method
for achieving higher surface temperatures and, hence, more benefit from
radiation is to insulate the heat sink externally. With a presently
available insulating material, ROKIDE "Z", which can be applied by
flame spraying, a weight advantage is obtained over an uninsulated
beryllium shield for equal temperature rise in the beryllium. Sub-
stantially larger reductions in weight are possible with insulating
materials of lower conductivity and density, as shown by the lower curve.
The properties used in this calculation correspond to those of commer-
cially available ceramic refractories. Because of the large temperature
gradients which exist in the insulating ceramic, it may be premature to
assume that the weights given by the curve can be achieved in a practical
design at the present time. However, the potential benefits of current
research effort-in this direction are clearly indicated.

If the cooling-system curve is used as a guide to the weight of an
ablating shield, it is apparent that such a shield will have to absorb
heat with an efficiency substantially greater than 1,000 Btu/lb in order
to obtain savings in weight over the other systems indicated.
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CONCLUDING REMARKS

It has been shown that for glide vehicles which utilize large
amounts of lift (vehicles C and D), large total heat inputs are encoun-
tered, but the maximum rates of heating are low enough that, for the
temperatures generated, avallable engine materials are satisfactory.

It appears, therefore, that the major part of the heat can be radiated,
and structural unit weights may be obtained which are comparable to low-
aspect-ratio winged aircraft of contemporary design.

For a semiballistic vehicle (vehicle B) which develops a small
amount of 1lift, the problems of higher temperatures and large total heat
input are present. The consequence is that with the present state of
the art, estimated structural weight per unit of heated area is somewhat
larger than that for a high-lift reentry vehicle (vehicle C); however,
total surface area should be less than that for a winged vehicle, and
this factor is of equal importance in determining total structural weight.
At the extreme is the case of the zero-lift high-drag vehicle (vehicle A)
which encounters high heat rates for a relatively short period of time,
with the total heat input being at a minimum. For this case, a light-
weight structure can be obtained with a relatively simple heatesink
design, and a considerable amount of engineering experience has been
accumulated for this purpose.
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HEATING-RATE HISTORIES FOR TYPICAL VEHICLES

80

60

4 40
BTU

FT2-SEC

20

o A Te N OF‘
6 (€=0.8)
/ B —3,200
R | C
‘ D
—12,800
42,400
2,000
Z —1,600
I ! ]
800 1,600 2,400 3,200
TIME, SEC
Figure 1
STRUCTURAL APPROACHES
|, UNPROTECTED 3. INSULATION AND

HEAT CAPACITY

2. HEAT

Figure 2



8l ‘N

WING WEIGHT FOR GLIDE VEHICLES
UNPROTECTED STRUCTURE; M;=5,000 IN-LB/IN.

5 —
2-4IN
al- MOLYBDENUM
4
3l RENE 41

UNIT WEIGHT,

_/

/HAYNES ALLOY nNO. 25
= STAINLESS STEEL

LB/FT
(WETTED AREA) 2

1 1 ! | ]
0 400 800 1,200 1,600 2,000
STRUCTURAL TEMPERATURE,°F

Figure 3

HEAT-PROTECTION WEIGHT FOR GLIDER WITH

HIGH LIFT-DRAG R:)QTIO
To.max =900 °F

UNIT WEIGHT,3

LB/FT2
(WETTED AREA) 2|

| I | ]
o 400 800 1,200 1,600 2,000
STRUCTURAL TEMPERATURE, °F

1

Figure 4




e 85

WEIGHT COMPARISON FOR UNPROTECTED AND HEAT-
PROTECTED WING STRUCTURE
Te, max = 1,.900° F

Sr INSULATION
AND HEAT SINK ,
4+
UNIT WEIGHT INSULATION AND COOLANT
LB/FT2 3} 7
(WETTED AREA) UNPROTECTED —/
, THIN WING L
UNPROTECTED —/
L THICK WING
1 L 1 1 i ]
0 400 800 1,200 1,600 2,000

STRUCTURAL TEMPERATURE, °F

Figure 5

REQUIRED HEAT CAPACITY FOR DRAG VEHICLES

—— HEAT SINK
---- COOLING SYSTEM
20~x103
15
HEAT h
CAPACITY, 1Of- N “
BTU/FT2 \\
R AN
] 1 . l
0 1,000 2,000

STRUCTURAL TEMPERATURE, °F

Figure 6



86

.
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OPERATIONAL PROBLEMS OF MANNED ORBITAL VEHICLES

By Hubert M. Drake, Donald R. Bellman,
and Joseph A. Walker

NACA High-Speed Flight Station
INTRODUCTION

Manned vehicles of orbital performance potential introduce many
operational problems as a result of their extreme performance and the
relative inflexibility of their operations. The present paper attempts
to discuss some of the major problems and to indicate their possible
effects on flight research operations.

The vehicles being considered for possible use as manned satellites
fall in the three general categories that were discussed by the previous
speakers and are shown in figure 1. Briefly, the first vehicle is the
ballistic type, characterized by the use of drag alone for entry decel-
eration and for reducing the heat load. The second category, the semi-
ballistic vehicle, employs 1lift to reduce the peak decelerations and to
provide some degree of aerodynamic flight-path control. The final cate-
gory consists of what might be called winged vehicles, that is, vehicles
capable of aerodynamically efficient flight. It should be pointed out
that this category may also be considered of the semiballistic type
because it can obtain lift-drag ratios as low as zero by operating at
high angles of attack. In general, only the ballistic and winged types
will be discussed in detail, inasmuch as the capabilities of the
semiballistic type fall between these extremes. The general problem
areas of escape, piloting, orbit selection, entry, flight termination,
range requirements, and flight-test program are discussed briefly.

Although both vertical rocket-boost take-off and air-launch might
be considered for orbital flight, the major operational problems for the
two types of launch differ only during the initial phases. Since the
vertical take-off presents the more stringent problems, it is the type
considered herein.

ESCAPE AND SURVIVAL

- The presence of the human in the orbital vehicle requires that mal-
functions be either nondestructive or such that an escape system can
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provide survival. The provision of a means of escape from all reason-
able emergency conditions requires an escape system with all the char-
acteristics of the final vehicle. It therefore appears that the final
stage should be designed to serve as the major element of the escape
system. A primary goal should be the design of the final stage and the
tailoring of the entire flight operation to provide the greatest possible
survival potential for this stage. A positive means of pilot separation
from the final-stage survival vehicle, such as a high-performance ejec-
tion seat, is also required.

The presence of propellants, the take-off operation, stage separa-
tion and ignition, and high dynamic pressure comblne to make the launch
operation (fig. 2) the most critical escape region. Significant survival
regions are indicated by the lettered areas on the launch trajectory of
figure 2 and are further described in table I. Only two areas, A and
C, are discussed in any detail.

Escape at lift-off, region A, is difficult in that the use of the
ejection seat would require its reorientation, and the normal final-stage
powerplant possesses insufficient acceleration to permit satisfactorily
rapid separation from a malfunctioning first stage. A possible escape
technique consists of providing high-thrust, jettisonable, solid rocket
units attached to the final stage. Rockets sufficient to place the final
stage at an altitude of 1,000 feet and a speed of 300 knots within 3 to
4, seconds will probably be adequate for escape from all take-off acci-
dents that do not involve an actual detonation. This end condition per-
mits airplane final stages to be airborne and allows sufficient time for
an attempted engine start. Should the engine fail to start, a gliding
landing is made, if possible, or the ejection seat may be used. Bal-
1istic or semiballistic vehicles can make a normal parachute landing.
These auxiliary rockets and any necessary stabilizing surfaces should be
retained to the altitude at which a normal separation and recovery can
be made. An example of such a system has been investigated, and it was
found that carrying the system to an altitude of about 20,000 feet reduces
the first-stage burnout velocity by only about 40 feet per second.

Another critical area for escape and survival is that indicated as
region C 1in figure 2 and table I, where escape by use of final stage
may subject the man to excessive decelerations or the vehicle to exces-
sive heating. The extent of this region is greatly influenced by such
design and operational factors as the type of vehicle, firing of final -
stage power, launch trajectory, lift-drag ratio, and 1lift or drag loading.

With the ballistic vehicle in this region there is a danger that the
man will be subjected to excessive decelerations in case of booster mal-
function as shown in figure 3. The solid line indicates the decelerations
encountered in the event of a malfunction during the normal gravity-turn
launch of a vehicle similar to that discussed in a previous paper by
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Maxime A. Faget. The decelerations in this case reach values of about
22g. It might be well to point out that the final satellite vehicle
would also have a peak deceleration near 22g at malfunction speeds near
2,000 feet per second if it were separated from the boosters at this
point. The lower decelerations shown result from retaining the final
boost stage with the vehicle to increase its sectional density during
the coast to high altitude following malfunction. Separation of the
final vehicle at the peak of the coasting period results in the low
decelerations shown. Possible means of reducing the decelerations at
high speed of course include the use of 1ift (the semiballistic vehicle),
provision of thrust to reduce flight-path angle, and variable drag geom-
etry. Another possibility is the use of a launching trajectory which
has been modified in such a manner that the vehicle will, in case of
booster failure, always enter the atmosphere at a sufficiently flat
angle to keep the accelerations to a tolerable level. A first approxi-
mation to such a trajectory has been calculated and the resulting decel-
erations are shown as the line labeled "safety" trajectory. 1In this
case the peak decelérations have been reduced by one-half, the peak
value being about 1llg.

Figure 4 shows that the safety trajectory is considerably flatter
than the optimum launching path; thus, the boosters are subjected to
higher aerodynamic and control loads and tc increased heating. These
factors may result in a further performance penalty above that incurred
by the use of the nonoptimum trajectory. This performance penalty would
have to be judged against the costs of other means of insuring survival
in this region. It might be mentioned that figure L does not show the
entire launch operation for the safety trajectory. The conditions at
burnout yield an elliptical orbit having an apogee at 150 miles; an
additional speed increment must be applied at this point to obtain a
circular orbit.

A similar condition exists for the winged vehicle in region C. 1In
this case there is a possibility, following booster failure, that the
vehicle will be forced to perform a skipping entry under conditions that
will expose it to excessive heating. A similar trajectory modification
may be made to avoid this region. Here, again, possible use of final-
stage thrust can greatly alleviate the problem. The investigation of
safety trajectories has been a neglected field of research which must
be explored for manned satellite vehicles.

It is difficult to envision a reason for evacuating the vehicle in
orbit; however, a malfunction in orbit may make the entry operation
hazardous. Examples of such malfunctions are the failure or explosion
of auxiliary power units, or fuel tanks, and the failure of stabilization
systems. Adequate reliability, isolation, and duplication of such crit-
ical systems are the best safety and survival provisions. The prevention
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of such accidents should be a primary design goal. 1In some designs it
adequate reliability cannot be attained it may even be desirable to
incorporate a special escape capsule of the drag-entry type for orbital
or entry escape.

It might be well to emphasize a point that has been inferred through-
out the foregoing; that is, that the final stage should be designed with
the most reliable powerplant and auxiliary power system possible. The
final-stage powerplant can, by reliasble stop and restart capabilities,
greatly alleviate many otherwise dangerous emergencies.

PILOTING

Consider now the piloting of a satellite vehicle, particularly during
the launching phase. Although complete automatic stabilization and con-
trol is feasible, it would be desirable to take advantage of the abilities
of the pilot to simplify the system and thus increase the reliability and
safety of the operation. An exploratory simulator investigation has been
made to determine the accuracy with which a pilot could fly a three-stage
vehicle to a desired orbit. The guidance used consisted of a presenta-
tion of error between programed and actual pitch angle and indications
of altitude, rate of climb, velocity, and angle of attack. TFigure 5 shows
some of the results of this investigation. The plot on the left side of
the figure indicates the accuracy in angle and velocity required to obtain
an orbit having a perigee above 75 miles and indicates the manner in which
an error in angle can be compensated by an increase in velocity. The plot
on the right side of the figure shows the piloting accuracy for various
conditions. The basic condition, using a rate-of-climb instrument of
25 ft/sec indication for guidance, gave a piloting accuracy of +0.1°.
Using sensitive or insensitive altimeters increased the errors as shown.
Reducing the damping augmentation to zero caused the vehicle to become
difficult to control with sufficient accuracy to consistently approach
the desired orbital conditions. It appears that the damping system must
be of extreme reliability. Although not shown, loss of the static sta-
bilization system, resulting in an extreme value of serodynamic insta-
bility during the first 200,000 feet of the trajectory, had little effect
on the pilots' ability to establish a satisfactory orbit.

The effect of inaccuracy or malfunction of the pitch programing
presentation was also investigated. With normally operating presentation
the pilot could attain the desired orbital altitude to an accuracy of
+2,000 feet. The malfunctions simulated included inaccurate computations,
and complete failure, as early as 20 seconds after lift-off. It was found
that the pilot was able to place the vehicle at the desired orbital con-
ditions to an accuracy of *8,000 feet using the altitude and speed indi-
cators and several checkpoints during the climb. The early loss of
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guldance, or automatic control, would probably be sufficient reason to
abort the flight; however, if failure occurred at a later stage in the
launch it might well be safer to proceed under pilot control and attempt
to establish the orbit.

Although the simulation used was by no means optimum or even desir-
able, the results indicate that pilot guidance of a launching vehicle
with adequate accuracy was feasible. It appears that proper design of
presentation and use of the pilot may considerably reduce the complexity
of the vehicle and increase its overall reliasbility, particularly in
case of malfunctions.

ORBIT SELECTION, ENTRY, AND LANDING

The orbital factors of primary importance in manned operations are
altitude and inclination. The altitude of the orbit will be determined
primarily by the desired lifetime, at least for the purposes presently
being implemented, and will probably be between 100 and 300 miles.

The inclination of the orbit may determine, or be determined by,
the factors of use, survival, and operatiocnal ease. ith regard to use,
military satellites will require, and geophysical satellites will prob-
ably desire, orbits as steep as 90°. Satellite research vehicles have
less stringent requirements; whereas, permanent, high-altitude, space
terminals will undoubtedly have equatorial orbits, inasmuch as this orbit
has the greatest stability and passes over the same points on the earth
on each rotation, thus considerably simplifying the supply and rendezvous
problems.

The vehicle survival potential of an orbit is primarily associated
with the problems of entry, landing, and rescue following landing and is
therefore discussed in that aspect. Considering first the ballistic
vehicle, malfunction during the launching operation could possibly
cause the vehicle to land anywhere around the world, approximately on
the first orbital path. In actuality, malfunctions over 90 percent of
the boost period would cause impact in the first 6,000 miles and use of
the retrorockets could, in any case, limit this distance to about
12,000 miles. Intentional landings from later orbits, in general, can
occur anywhere between the extreme latitudes obtained by the orbit. The
only azimuth control, in this case, is the crude one of choice of orbit
on which to enter. To offset this lack of azimuth control, and thus
minimize the area to search for rescue, the equatorial orbit is an obvi-
ous choice if the mission permits.

The passenger does, of course, have complete freedom of choice in
range, since he is gble to fire his recovery rockets at any point in his
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orbit and thus land wherever he desires. It was pointed out in a previ-
ous paper by Maxime A. Faget that the prediction of the impact point is
least sensitive to errors if the retrorockets are fired at the apogee
of an elliptical orbit. The determination of the apogee point by the
pilot will be relatively easy by use of a radio altimeter and clock.

If everything progresses satisfactorily, a rather unliikely event, the
point of landing can be predicted before launch within a circle perhaps
60 miles in diameter. In the more probable case in which the flight
and recovery are not executed with the desired precision, the area to
be searched may be much greater. Consideration of the launch malfunc-
tion problem mentioned before indicates a possible maximum srea of
12,000 miles by 100 miles for landing. The difficulties of search and
rescue in an area this large composed of open sea or Jjungle cannot be
overemphasized. This problem may give the ballistic vehicle an inher-
ently lower survival potential than the other two types.

The winged vehicle places fewer requirements on the inclination of
the orbit because the pilot is able to modify the entry path and
approach and land at preselected area which may be considerably off
the orbital path. In an emergency this would require that only about
six or seven emergency landing areas be available on the first orbital
path. Figure 6 shows the lateral deviation available to the semiballis-
tic or winged vehicles as a function of lift-drag ratio for entry from
a 100-mile orbit. Even the lower lift-drag ratios result in making
availsble a large area for landing. In addition, a curve is shown for
the case where aerodynamic heating requires the initial entry to be made
at a lift-drag ratio of unity down to a velocity of 16,000 ft/sec, and a
1ift-drag ratio of 4 is available for the remaining distance. An indi-
cation of what this means to the pilot is given in figure T which depicts
this region superimposed on a map. The large elliptical region indicates
the area which, if intersected by the orbital track, will permit a landing
anywhere within the smaller elliptical area. The orbits from which a
possible landing could be made for these orbital conditions are indicated.
In this case a landing could be made from any of the first four orbits
and then from the tenth through the eighteenth. This gives the pilot
greatly increased flexibility of operation. An interesting point indi-
cated here is that only slightly greater maneuverability would be required
to enable landing in the continental United States from an equatorial
orbit. Such maneuverability can also be attained by use of thrust in
space. However, the amount of maneuverability shown in this figure would
require a mass ratio of about 2.5 at a specific impulse of 250.

Consideration of the actual landing maneuver indicates a high prob-
gbility of a water landing for the ballistic vehicle and a possibility
of a similar landing for the other types. The vehicles should be designed,
therefore, with water landing capability. The landing can be made by con-
ventional landing gear or parachute with the winged vehicle or by para-
chute with the ballistic vehicle.

bbbl




“tommana %

The factor of operational ease is indicated only briefly. It is
thought that the maximum operational ease will probably be attained
with a winged-type vehicle launched and recovered within the continental
limits of United States. The ballistic vehicle in an equatorial orbit
has the operational problems of shipboard or island launch of extremely
large vehicles, search and rescue of a large area roughly 22 percent
Jungle and 78 percent water, and the problems of establishing the sea-
borne range. The problems of shipboard or island launch and seaborne
range are of course assoclated with the equatorial orbit and would also
be true of the winged vehicle in such an orbit.

RANGE REQUIREMENTS

Undoubtedly, manned operations will require exact position and
trajectory data, monitor and command data link, communications, long-
range GCA, and homing in certain parts of the orbit. The coverage
desired of these facilities is again affected by the type of vehicle,
while the number of installations is determined by this desired coverage
and by the limits of line-of-sight radio propagation. This effectively
limits any one installation to a radius of about 850 miles for an orbit
altitude of 100 miles. This distance can be increased by about
1,200 miles for UHF communications by employing a repeater station in
an aircreft at high altitude.

The range requirements of the ballistic and winged vehicles differ
considerably, with the ballistic vehicle substituting complexity of
ground installations for vehicle complexity. The minimum coverage
required for a ballistic vehicle is shown in figure 8. This vehicle
requires complete coverage, as shown, for a distance of about one-half
that around the world for location and rescue in case of launch malfunc-
tion. An additional station at 180° from the launch site is desirable
for orbit verification and for aiding in entry initiation. The darker
region shown in the Pacific Ocean is the primary launch and data-taking
region while the other areas are, as indicated, only for location and
communication. At the other extreme the coverage required for the winged
vehicle in a nonequatorial orbit is shown in figure 9. This coverage
consists of the first 3,000 miles after take-off, the intermediate sta-
tions shown, and the last 2,000 miles before landing. The first region
is used to monitor the take-off and initial portion of the orbit to make
an initial determination of the orbit and check the pilot's instrument
indications. The intermediate points are selected for orbit verifica-
tion, to insure communication with the pilot at least once per revolu-
tion, and to assist the pilot in initiation of entry. The final cover-
age is in the nature of long-range GCA for the final approach. The
vehicle itself must, of course, incorporate the required communications,
beacons, telemeters, and homing equipment.
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It would probably be desirable during the launch operation, and
the first orbits, to have the maximum communications coverage possible.
The stations shown for the ballistic vehicle of course provide complete
coverage for the first 12,000 miles, leaving about a 40-minute gap;
whereas, those for the winged configuration leave gaps of as much as
20 minutes in which communications are lacking. As mentioned previously,
this coverage can be improved easily and quickly by use of airborne
repeaters. The pilots have a natural desire for continuous worldwide
communications; however, it appears improbable that such coverage can
be achieved with earthbound stations. A promising solution in this case
is the provision of communication satellites in the "stationary"

(22,000—mile altitude) orbit. The ability to establish such facilities
may well precede the capability of establishing manned satellites.

FLIGHT TESTING

One final matter that should be mentioned in any discussion of
manned satellite operations is the flight-test program. Any flight-
test program should utilize the usual procedure of a rational buildup
of performance on successive flights in order to explore, with reason-
able safety, successively higher performance ranges. This procedure
would have the desirable effect of providing the longest period possible
for the improvement and demonstration of booster reliability. The pro-
vision of boosters of sufficient reliability is, of course, one of the
greatest obstacles to the accomplishment of manned orbital flight.

CONCLUDING REMARKS

Although this cursory survey has not indicated any insurmountable
operational problems to manned orbital flight regardless of configuration
type, the problems of the various satellite configurations do materially
affect operations and must be considered early in the design. Safety and
survival requirements must be taken into consideration in manned opera-
tions and may force considerable deviation from optimum procedures.
Although the presence of man in the vehicle requires increased emphasis
on reliability and safety, proper use of his abilities can considerably
simplify design and increase reliability.

CONFIDE%!'H!




TABLE I

LAUNCH ESCAPE REGIONS

IAPPROXIMATE CONDITIONS
PROBLEM ESCAPE PROVISIONS
H, M| |V,FT/SEC| q,LB/SQ FT
o} 0 0 ESCAPE FROM I. BOOSTED FINAL
TO TO TO LAUNCH AREA STAGE
4 1,000 600 2. EJECTION SEAT
4| 1,000 300 AS FOR NORMAL |I. FINAL STAGE
T0 TO TO QOPERATION
20| 5,000| =1,500
20| 5,000 300 POSSIBILITY OF |I. PROPER TRAJECTORY]
TO T0O TO EXCESSIVE g OR |2. FINAL STAGE
90 /24,000 ~ 0 HEATING ON (POWER ON, IF
ENTRY POSSIBLE)
>90 (24,000 AS FOR ENTRY |I. FINAL STAGE
TO FROM ORBIT
ORB.
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EXAMPLES OF MANNED ORBITAL VEHICLES
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STABILITY OF BALLISTIC REENTRY BODIES

By John D, Bird
Langley Aeronautical Laboratory

and David E. Reese
Ames Aeronautical Laboratory

SUMMARY

Various features of the stability of ballistic reentry shapes are
discussed, including those considerations pertinent to ballistic-missile
and manned-satellite reentry capsules. Calculations and aerodynamic data
are used to indicate the problems involved. It is concluded that, with
proper allowance for desirable geometrical features, the attainment of
satisfactory stability of reentry bodies having subsonic terminal veloc-
ities is not too difficult but, in efforts to minimize weight in solution
of the heating problem, undesirable features may be introduced which
will cause marginal stability characteristics. The attaimment of satis-
factory stability of reentry bodies having supersonic terminal velocities
appears to offer fewer problems.

INTRODUCTION

The analysis of Allen (ref. 1) indicated the essential features
of the problem of reentry stability in terms of Bessel functions. 1In
this work and the related work of others, the powerful constraining
effect on the motion of the rapid increase of dynamic pressure was
shown in addition to the destabilizing influence of the drag force.

The criterion of stability was expressed by Allen in reference 1 in
terms of a now well-known damping factor which includes the drag, 1lift,
and pitch-damping coefficients. This solution is good for the range

of Mach numbers where the stability derivatives are essentially con-
stant as assumed in the analysis and only undergoes some modification
near and below the transonic region where the aerodynamic character-
istics change radically and the motion has slowed to the point where
the influence of gravity becomes significant. In this work it was
shown that satisfactory directional stability was the factor of primary
concern down to an altitude in the vicinity of 100,000 feet for the
densities of missiles gererally under consideration and that the

i
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damping derivatives, that is, the drag, lift-curve slope, and the
damping in pitch, made themselves felt primarily below that altitude.

The purpose of the present investigation is, first, to discuss some
aerodynsmic characteristics of blunt reentry shapes and to give some
indication of the significance of these characteristics as related to
the dynamics of ballistic-missile reentry bodies, second, to discuss the
dynamics of a manned lightweight reentry capsule and, third, to mention
a few points in connection with work on slender, high-terminal-velocity
bodies for ballistic missiles.

SYMBOLS
Cp drag coefficient
Clu, lift-coefficient derivative with respect to angle of attack,
per radian
. 1
Cmq + Cm& pitch-damping derivative based on Vi
1 characteristic length, generally maximum dismeter
o radius of gyration
M Mach number
a angle of attack
R angle of attack on reentry to atmosphere
W weight of reentry body
A reference area, generally maximum cross-sectional area
C normal-force derivative with respect to angle of attack
Ngo ‘ s
per radian :
Iy moment of inertia
4 flight-path angle, positive up
qu pitching-moment-coefficient derivative with respect to

angle of attack, nondimensionalized by reference area
and length, per radian

\' forward velocity
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R Reynolds number

f frequency

Unax maximum dynamic pressure
t time

DISCUSSION

Examples of the pitch damping obtained for blunt shapes at various
Mach numbers are shown in figures 1 and 2. The data shown in these
figures in the subsonic Mach number range were obtained in the Ames
12-foot pressure tunnel by Donald A. Buell, whereas those in the super-
sonic Mach number range were obtained in the Ames 8- by 7-foot Unitary
Plan wind tunnel by Benjamin H. Beam. Figure 1 shows results obtained
on a very shallow reentry slape. It can be seen that unstable pitch
damping is obtained in the supersonic region for this shape with a mod-
erately sized afterbody. This would result in an undesirable dynamic
behavior of this configuration unless there is an appreciable modifica-
tion of the pitch damping in the lower or higher supersonic Mach number
range.

One of the most interesting points in connection with these data
is the influence of afterbody shape. At the supersonic Mach numbers
increasing the size of the afterbody was beneficial (made the pitch
damping more negative), whereas at both subsonic and supersonic speeds
reducing the size of the afterbody was beneficial. This beneficial
effect of afterbody-size reduction at subsonic speeds is better shown
by the data of figure 2 which are for a parabolic configuration. For
this configuration, reduction of afterbody size produced a pronounced
effect at subsonic speeds but had essentially no effect at the super-
sonic speeds. Also, the pitch damping for this configuration was stable
in the supersonic region as contrasted with the results for the more
shallow configuration of figure 1.

A factor that has been given some attention in connection with
damping measurement is that of the influence of a small angle of attack
that may arise from unsymmetrical distortion of the body. In the case
of the blunt shallow reentry shapes this effect has been found to be
quite significant at a Mach number of 2.5. (See fig. 3.) Small angles
of attack are sufficient to cause marked changes in the pitch damping.
In the case of the configuration with a moderate afterbody the damping
is changed from an unstable value to a stable one by a change of 2° in
angle of attack. Damping of the configuration with a small afterbody,
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however, becomes unstable at 2° angle of attack. These results show a
decided nonlinear damping behavior which dictates the study of pitch
damping to amplitudes commensurate with those to be tolerated in the
particular application in order to obtain a reasonable perspective.
The results shown in figure 3 indicate the strong probability of limit
cycle operation for the model with the moderate-sized afterbody.

The effect of a change in pitch damping on reentry body motion is
shown in figure 4. Calculations are shown in this figure for optimum-
range intercontinental-ballistic-missile (ICEBM) reentry conditions for
which the aerodynamic derivatives used are given in table I. These
calculations were made by use of an IBM type 7Ok electronic data proc-
essing machine. The complete nonlinear equations of motion were
employed. In one case in figure U4 the aerodynamic characteristics
correspond generally to those of the shallow body with moderately sized
afterbody, and in the other case the aerodynamic characteristics corre-
spond generally to those of the shallow body with a small afterbody.

It can readily be seen that an increase of damping is beneficial. The
calculation diverges to considerably greater amplitude prior to a Mach
nunber of 1 for negative pitch damping than for zero pitch damping.
When the stable subsonic pitch damping comes into play, the motion of
the body with small afterbody subsides. The calculation with negative
pitch damping was not carried completely to the ground. It should be
remembered that limit cycle performance will very probably prevent
bodies similar to the shallow model with moderately sized afterbody
from exceeding a certain relatively small amplitude. In general, con-
siderable divergence can be tolerated prior to a Mach number of 1.0 if
good subsonic damping is present and care is taken not to have too
great an angle of attack at reentry. Pitch damping as great as -0.3
would give an almost linear decay of the pitching motion to zero ampli-
tude at about an altitude of 40,000 feet. Artificial pitch damping as
great as -3.0 would cause the motion to subside by the time an altitude
of 100,000 feet is reached.

One possibility for improving the stability characteristics of sub-
sonic reentry bodies in the transonic region that has been given some ,
thought involves the use of a spool-like form as shown in figures 5 and 6.
These data were obtained in the Langley transonic blowdown tunnel and
Mach 3 jet by lewis R. Fisher and William letko, respectively. The
theory behind the use of this configuration is that the flare at the
end of the body will be extremely effective in the near transonic region
and, hence, will contribute to the pitch damping in large measure at low
speeds but will not greatly affect the aerodynamic characteristics nor
will the flare encounter great heating loads at the higher speeds, because
of its location, if it is made sufficiently small. Some beneficial effect
should be obtained for this arrangement at the extremely high reentry
altitudes because of the improvements in directional stability at the
large angles of attack that may be encountered without precise orienta-
tion by automatic means. It can be seen that a surprisingly large value
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of directional stability is obtained with this arrangement in comparison
with that obtained with the simple flared model at the left in figure 5.
Results at a Mach number of 3.0 on somewhat different models indicate
that spool models do not experience as great an increase of stability
over simple flared models for supersonic speeds as was the case for
transonic speeds (fig. 6). The damping in pitch of a spool model can

be seen from the data of figure 7. These data were obtained in the
Langley high-speed T7- by 10-foot tunnel by Herman S. Fletcher. The
simple flared model shows unstable damping at the higher subsonic speeds,
whereas the spool model shows a powerful damping influence. It is quite
likely that an optimum spool shape would have less flare than the models
for which data are shown because these models have more directional sta-
bility than is required.

The unstable pitch damping shown for the simple flared model as
the transonic region is approached has been obtained for other shapes
in greater or lesser degree and has caused some concern. However, a
considerable degree of unstable damping may be tolerated in the transonic
region for subsonic-terminal-velocity bodies which make rapid transit of
the transonic region if the subsonic pitch damping is stable. This
unfavorable pitch damping effect can be seen from the calculations shown
in figure 8, the conditions for which are given in table I. It can be
seen in figure 8 that a reversal in sign of the pitch damping in the
transonic region does not impose an intolerable burden because not too
great an amplitude is reached before the transonic region is passed.
The result may be entirely different, of course, for a reentry body
having a transonic terminal velocity; this body would be exposed to any
transonic peculiarity for a much longer period of time.

Recently there has been a general belief that a high-drag bluff
body would make an adequate minimum reentry body for a man-carrying
satellite (ref. 2). In such an application a low angle of reentry
would be employed in order to minimize the acceleration on the occupant.
An example of the motion of a vehicle on reentry to the atmosphere is
shown in figure 9. Aerodynamic data for the reentry capsule shown in
this figure were used for the present calculation. The various mass
and aserodynamic quantities used in the calculation are given in table I.
The equations for these calculations included the effect of the earth's
curvature and were integrated by use of an IEM type 704 electronic data
processing machine. The sketch in figure 9 shows the general character
of this reentry. A maximum deceleration of 9.9g is encountered at an
altitude of 145,000 feet. Also shown in this figure is a plot of the
amplitude envelope of the oscillation during reentry for an assumed
error in alinement with the flight path of 1° at reentry. The first
few cycles of the oscillation are shown as a dashed line in the right-
hand side of this plot. The amplitude of oscillation at Mach number 1
is much the same as that at reentry. Thereafter, an increase in

L
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divergence occurs in spite of the stable subsonic pitch damping. The
damping factor is unstable in this region as well as for the remainder
of the reentry because of the negative lift-curve slope. An increase

of pitch damping in the subsonic region to -0.20 effected by adding a
tail assembly or flare produces a more stable behavior. The frequency
history of the capsule during reentry is presented in figure 10. It is
evident from the figure that the frequency and dynamic pressure are not
excessive. The maximum frequency is about 1.0 cycle per second which
occurs at an altitude of 145,000 feet. The maximum normal acceleration,
which is extremely low because of the small normal lift-curve slope and
small error in alinement of the satellite on reentry, is about 0.12g
and occurs at an altitude of about 125,000 feet. These results indicate
this to be a reasonable form of reentry vehicle from the stability point
of view.

An example of the negative lift-curve slopes of several forms of
blunt reentry bodies which contribute to the low-altitude divergence
shown for the satellite is given in figure 11. These data were obtained
in the Langley transonic blowdown tunnel by Lewis R. Fisher and Joseph R.
DiCamillo. 1In this figure the lift-curve and pitching-moment-curve
slopes are shown for several blunt shapes at a Mach number of 1.0. It
can be seen that the very blunt forms have destabilizing negative lift-
curve slopes and that there is a pronounced Reynolds number effect for
one of the intermediate shapes. The negative lift-curve slopes for the
blunt rounded-corner forms shown in figure 11 become somewhat smaller
as the supersonic region is entered and the aerodynamics approaches the
Newtonian consideration more closely. Instability from this particular
source may be well in evidence in the terminal phase of flight for bodies
with relatively low pitch damping.

Recently, it has become apparent that, for ballistic missiles,
terminal velocities to a Mach number of 2.0 or higher are not unreason-
able with present methods and materials. As a result, increased emphasis
has been given to long slender shapes having low rather than high drag
coefficients. An examination of the Allen damping factor (ref. 1)

Cp - Cpy * %(Cmq + Cma) (;;_)2

indicates that this trend is favorable inasmuch as the destabilizing
drag quantity is .reduced considerably when long slender shapes are used.
In addition, the sometimes troublesome transonic region is avoided com-
pletely, and the possibility of destabilizing negative lift-curve slopes
is eliminated because the lift-curve slope of slender, more pointed
bodies is positive.

ST
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One approach to the design of ballistic missiles having high ter-
minal velocities might be to utilize slender arrangements in the form
of artillery shells that have no stabilizing surfaces to protect from
heating. ©Such an arrangement would generally have some degree of insta-
bility if packaged more or less uniformly which would have to be counter-
acted by sufficient spin or by other means to provide stabilization. An
examination of the spin stability criterion indicates that the required
spin rates are likely to be excessive for so complicated a device as a
reentry warhead or a man-carrying satellite. Also, the higher gyroscopic
stiffness introduced tends to maintain large amplitudes of yaw well into
the region of high heating. ©Such behavior may be advantageous for appli-
cations in which appreciable loss of heat by radiative cooling is obtained;
in this case a body could be toasted more or less evenly on all sides.

Because of the difficulties of spin stabilization one of the most
promising considerations in conjunction with the design of adequate sta-
bility and damping into slender reentry bodies having high terminal
velocities involves the use of flares. It has been shown by rocket-
propelled-model tests conducted at the Langley Pilotless Aircraft
Research Station at Wallops Island, Va., that heating loads obtained
on the flared portion of blunt bodies are not unreasonable. The loca-
tion of the flare at the end of the body is advantageous from the stand-
point of damping because lifting elements generally contribute to pitch
damping in proportion to the squares of their lever arms and lift is
not generated by expanding portions of the body in front of the center
of gravity which tend to cancel the contributions to stability of the
rearward portions.

Work by Becker and Korycinski (ref. 3) has shown a tendency for
slender flared bodies to develop large regions of separated flow in
front of the flare for low Reynolds numbers at Mach numbers near 7.0.
The net effect of this phenomenon is to reduce the efficiency of the
flare in contributing to directional stability. This reduction in
efficiency necessitates a greater area of flare than might be antici-
pated otherwise.

A measure of the pitch damping of two of these rocket-propelled
models from a program conducted by John C. McFall, Jr., together with
data from tests of a flared rounded-nose model at Thompson Aeroballistics
Laboratory, is given in figure 12. These data are referenced to frontal
body diameter and area rather than to base diameter and area. Adequate
pitch damping is shown for all of the models in the supersonic region,
but definite unstable values exist for the flared and the blunt cylinder
models in the subsonic region. Similar results have been obtained at
subsonic Mach numbers for a flared blunt model in wind-tunnel tests at
the Langley Laboratory. Rocket-propelled-model tests on simple 10° cone
models have indicated good damping at Mach numbers of approximately 6.0.

.
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In one rocket-propelled-model flight, a 10° amplitude wandering
motion of a flared model was obtained in the transonic region. Fig-
ure 13 shows the time history in this particular flight of the flared
model compared with a time history for a more stable configuration.

At least one wind-tunnel measurement has indicated that this flared
configuration has unstable damping in the subsonic region. It is quite
possible, of course, that the sharp corner is an undesirable feature of
the flared configuration with regard to damping.

CONCLUDING REMARKS

With proper allowance for desirable geometrical features, the attain-
ment of satisfactory stability of reentry bodies with subsonic terminal
velocities is not too difficult but in efforts to minimize weight in
solution of the heating problem undesirable features, such as, extremely
flat noses, short skirts, and bulging afterbodies, may be incorporated
into the system. Use of these features will require a much more precise
determination of stability because they may produce marginal character-
istics. The attainment of satisfactory stability of reentry bodies with
supersonic terminal velocities appears to offer fewer problems but a

number of good measurements of pitch damping are needed for low drag
shapes.
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CONDITIONS FOR MOTION CALCULATIONS

w Cm+ Iy,
Coh" | ¢y |cm.lcC 9| sPIN, | sLug-| 7
D |Cmg|CN ) '
LB/SQFT @] Ma| Cmg | RPM | ¢y2 | DEG
R 193 M> 2M>]
AFTERBODY TOM<i| _ - I M<l ool
shapE | "3 liosM»i| T2 | 89 | o5y O | 230 223
20 M<i ~-.2M<|

TRANSONIC i} oy
RANBaMC| 108 i |-36 | 89 |vaRES| O | 230 |22
SATELLITE L55M>1 00aM>I
REENTRY | 29  |"gom<i| =2 | 28 [Zogmey| © | 340 | -3




112 M

EFFECT OF BODY SHAPE ON PITCH DAMPING
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EFFECT OF ANGLE OF ATTACK ON PITCH DAMPING
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AFRODYNAMIC PERFORMANCE OF HYPERSONIC GLIDERS

By C. A. Syvertson
Ames Aeronautical Laboratory

and Charles H. Mclellan
Langley Aeronautical Laboratory

INTRODUCTION

There are three major considerations which influence the design of
a hypersonic glider. First, there is aerodynamic heating; second, aero-
dynamic performance; and third, stability and control. The heating and
structure problems were discussed in a previous paper by William A.
Brooks, Jr., Roger A. Anderson, and Robert T. Swann. Aerodynamic per-
formance will be discussed in this paper; and stability and control are
discussed in reference 1. Since aerodynamic heating is one of the most
important factors at hypersonic speeds, the attainment of high aerody-
namic performance is not always desirable since it can prolong flight
times at conditions of high heating rates. This situation exists par-
ticularly at speeds in the neighborhood of 20,000 feet per second. At
somewhat lower speeds as might be required for ranges of the order of
5,000 nautical miles, however, aerodynamic performance or lift-drag
ratio has its usual importance in determining range (ref. 2). Since
there seems to be little problem in obtaining low lift-drag ratios at
hypersonic speeds, the discussion in this paper will be confined to the
achievement of high lift-drag ratios and to the discussion of some
recently obtained results. Some previous work on this subject may be
found in references 3 to 5.

RESULTS AND DISCUSSION

In figure 1(a), maximum lift-drag ratios (%

)MAX
three simple glider configurations as a function of equivalent Mach num-
ber MEQ' All three configurations had the same arrow-plan-form wing

are presented for

with 77.4° of leading-edge sweep and an aspect ratio of 1.4. Three dif-
ferent fuselage locations were tested. In one case the fuselage was a
half-cone mounted entirely beneath the wing in a flat-top arrangement.
This model is shown in figure 1(a). With this flat-top arrangment, the
wing experiences favorable 1lift interference from the pressure field of

]
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the fuselage (refs. 3, 5 to 8). 1In the second case, the fuselage was
symmetrically disposed relative to the wing. In this case, the body had
a smaller diameter to keep the volume the same as that for the flat-top
model. In the third case, the fuselage was a half-cone located entirely
above the wing in a flat-bottom arrangement. According to impact theory,
this arrangement should be the most efficient at hypersonic speeds. (See
refs. 9 to 11.)

All of the results have been corrected to flight conditions with

an assumed transition Reynolds number of 3 X 106 and with base drag
included. The base-pressure coefficient was assumed to be -AE. The

M
methods employed to correct the skin friction are given in references 12
to 15.

At Mach numbers from 3 to 6, the results were obtained by standard
test techniques and are shown by the open symbols. At these speeds, the
results support previous findings that the use of favorable 1ift inter-
ference can significantly improve aircraft performance.

At Mach numbers greater than 6 the results were obtained by appli-
cation of the hypersonic similarity rule and are shown by the solid sym-
bols. This rule is thoroughly treated in references 16 to 18, and in
the present tests it was employed as follows: A second set of models
were constructed with thickness-to-chord and span-to-chord ratios doubled
relative to the original models. These models were also tested at Mach
numbers from 3 to 6 and with the aid of relations given by the similarity
rule; the data were transformed to give results applicable to the orig-
inal models at twice the actual test Mach number. Since these data
were obtained in this manner, the abscissa of figure 1(a) is labeled
equivalent Mach number.

The two sets of results overlap at a Mach number of 6 and show good
agreement, and the differences between corresponding points is 2 percent
or less. These results show that the differences between the three fuse-
lage arrangements decrease with increasing Mach number and are of the
order of a few percent at a Mach number of 12.

Similar trends are shown in figure 1(b) for uncorrected wind-tunnel
test results. For Mach numbers M of 6.9 and 9.6, the results were

obtained from tests in air at a Reynolds number R of 0.69 x 106. Those
for a Mach number of 13 were obtained from tests in helium at a Reynolds
number of 3.1 x 10°. This much higher test Reynolds number accounts for
the lift-drag ratios being higher at this Mach number. The upper part
of figure 1(b) is for a model with a modified-arrow-plan-form wing and
a minimum-drag body of revolution (ref. 19). In this case, a symmetric

-———
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model with the same volume distribution was also tested at a Mach number
of 6.9. The configuration shown in the bottom part of figure 1(b) had
an arrow wing and a conical fuselage of slightly different cone angle
than the configuration shown in figure 1(a). The trends shown in fig-
ure 1(b) are essentially the same as those shown in figure 1l(a). In
this case, however, the symmetric model was slightly more efficient than
the flat-top model at a Mach number of 6.9. In addition, the differ-
ences at the higher Mach numbers are even less than those shown in fig-
ure 1(a). In fact, no difference was measured at the higher Mach num-
bers. The conclusion here is clear. At the higher Mach numbers, the
effect of fuselage arrangement is small and the choice for a particular
glider will depend on factors other than performance.

None of the models discussed thus far were, of course, directionally
stable. One scheme suggested for achieving directional stability is to
use deflected wing tips (ref. 3). Some indication of the performance
penalty this scheme involves is shown in the bar graph in figure 2.

These results are for the models shown in the upper part of figure 1(b)
and are at a Mach number of 6.9. 1In all cases the tips were deflec-
ted 45°. The results indicate that deflection of the wing tips always
produces a penalty, but for either a flat-top or flat-bottom model the
penalty is smaller if the tips are bent downward. For the symmetric
model there is no difference.

With these results in mind, the performance of gliders which are
stable both longitudinally and directionally will be considered. Since
fuselage location has a small effect, first, a flat-top design is con-
sidered and then a flat-bottom design is considered. The aerodynamics
of both configurations has been studied in some detail, but only a sum-~
mary of the results will be discussed herein.

The flat-top glider is shown in figure 3(a). The dimensions shown
are those estimated for a full-scale vehicle which could, if so desired,
be man carrying. The fuselage is formed from a minimum-drag body of
revolution. The weight was estimated to be about 22,000 pounds exclu-
sive of fuel with the center of gravity at 76 percent of the root chord.

The wing is of essentially arrow plan form with the tips expanded
to provide for controls. The leading-edge sweep is 77.&0; the aspect
ratio, approximately 1; and the wing loading is 20 pounds per square
foot. The wing and fuselage are blunted because of aerodynamic heating.
To provide directional stability, the wing tips have a droop of 450
about a line toed in 3° with respect to the plane of symmetry. To sup-
plement directional stability at Mach numbers less than 6, a retractable
ventral fin is provided. Longitudinal and lateral control are obtained
from plane trailing-edge flaps at the wing tips. Directional control
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at low Mach numbers is provided by a conventional rudder on the ventral -
fin and at high Mach numbers, by body flaps which can also function as
dive brakes.

For this glider, a scale model and a hypersonically similar model -
with thickness-to-chord and span-to-chord ratios doubled were tested in
air at Mach numbers from 3 to 6 in the manner described previously. In
addition, the scale model was tested in helium at a Mach number of 12
and the similar model was tested at a Mach number of 9 in order to pro-
vide data for a Mach number of 18.

The performance results are summarized in figure 3(b) where trim
lift-drag ratios are shown for equivalent flight Mach numbers from 3
to 18. At Mach numbers less than 6, the symbols are flagged to indicate
that the ventral fin was extended. Although these results were obtained
from four test techniques, the overall variation of 1lift-drag ratio
appears to be consistent. The decrease in lift-drag ratio at lower Mach
numbers is associated with the increased contribution of base drag. The
decrease at higher Mach numbers is associated in part with the relative
increase in skin friction and in part with the increased drag due to
1ift. In general, the results indicate that lift-drag ratios between
about 5 and 6 are obtainable with the flat-top glider.

The flat-bottom glider is shown in figure 4(a). Again the dimen-
sions are those estimated for a full-scale man-carrying vehicle. The .
weight was also about 22,000 pounds and the center of gravity was esti-
mated to be at 42 percent of the mean aerodynamic chord which was the
center of pressure at low subsonic speeds and which was used in
reference 20.

The wing has a triangular plan form with 78.2° of leading-edge sweep.
The nose and leading edge are blunted as indicated. In order to provide
a positive trimming moment and thus reduce trim-drag penalties, the for-
ward section of the glider has been cambered upward 6°. Directional
stability is provided by fins located at the wing tips. These fins are
toed in 6.8° to improve their effectiveness. Longitudinal and lateral
control are provided by trailing-edge flaps and directional control is
provided by rudders on the tip fins.

The aerodynamic performance at flight conditions for this glider

is shown in figure 4(b). The curves shown were obtained theoretically,

allowing the altitude and Reynolds number to vary as required to main-

tain the wing loading. The base-pressure coefficient was assumed to

be -35. For the upper set of curves, laminar boundary layer was assumed «
M

and the glider was untrimmed and had no directional surfaces. The dif-

ference between the dashed and solid curves indicates the magnitude of

el
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boundary-layer displacement effects (refs. 15 and 21) on maximum 1lift-
drag ratio for flight conditions. It is observed that in this case the

effect on (%9 is small. The effects of the boundary-layer displace-
MAX

ments are discussed in references 15 and 21. The assumption of a laminar
boundary layer i undoubtedly optimistic and for the three lower curves

a local transition Reynolds number Rl,t of 3 X 106 was assumed. The

middle curves are for the glider without directional surfaces and show
the effect of trim. A very small trim penalty results when a cambered
nose is used; in fact, the two curves are so nearly coincident that they

appear as a single heavy line. Experimentally, no loss in L was

MAX
detectable when the nose camber was incorporated. For the bottom curve,
the configuration is trimmed and the directional surfaces are included.
Achieving directional stability results in a decrement in lift-drag ratio
of about 0.5. The tip fins used, however, have not been optimalized from
the standpoint of lift-drag ratio.

Experimental results corrected to flight conditions are shown for
comparison; the flagged symbols correspond to the lower curve. In gen-
eral, the agreement is good and provides considerable confidence in the
theoretical estimates. Essentially, the same methods have been used in
calculating the boundary layer as were used in references 15 and 21 where
excellent agreement was found in predicting model skin friction in the
tunnel. TFor the trimmed and directionally stable glider, the lift-drag
ratios varied between about 5 and 6. These values are essentially the
same as those for the flat-top glider and, in fact, the trends in 1lift-
drag ratio with Mach number are also very similar.

CONCLUDING REMARKS

These results have shown something of the aerodynamic performance
obtainable with hypersonic gliders. From the lift-drag ratios obtained
in these studies, estimates have been made of the range capabilities
of the gliders. The results were essentially the same for both flat-
top and flat-bottom configurations. With an initial glide velocity of
12,000 feet per second, the range was estimated to be about 2,200 nau-
tical miles. For an initial velocity of 18,000 feet per second, it
was 5,700 nautical miles.
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EFFECT OF BODY-WING ORIENTATION AND WING-TIP DROOP
M=69; R=.69x108

FLAT-TOP GLIDER
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774"
58.0' -
80.5' -
65.2'
Figure 3(a)
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STATTIC STABILITY AND CONTROL OF HYPERSONIC GLIDERS
By Robert W. Rainey

Langley Aeronautical Laboratory
SUMMARY

A study has been made of the static stability and control problems
associated with several hypersonic boost gliders. It appears that, in
general, it is possible to obtain the desired trim features. The flat-
top configuration was found to be essentially self trimming, whereas for
the flat-bottom configuration negative camber provided an effective
means to trim. Furthermore, at the low angles of attack, directional
stability and control were adequate for the complete configurations
investigated; however, there is a need for further study of directional
stability in the high angle-of-attack range and of lateral stability at
all angles of attack.

INTRODUCTION

The aerodynamic characteristics of two categories of winged hyper-
sonic boost gliders have been studied. One of these includes moderate
range vehicles which operate in the sensible atmosphere at relatively
high lift-drag ratios; the other includes vehicles which might be used
for manned reentry and do not require high lift-drag ratios. Some lift-
drag characteristics of the high lift-drag-ratio vehicles are discussed
in reference 1. Some aspects of the static stability and control will
be presented herein.

SYMBOLS
b wing span
Cp drag coefficient, Drag
QoS
Ct, 1lift coefficient, Lift
QooSyy

i
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Rolling moment

CZ rolling-moment coefficient,
qwswb
o s Pitching moment
Cm pitching-moment coefficient, —~
quwc
. . s Yawing moment
Cp yawing-moment coefficient,

QoS P

c chord

(¢}

mean aerodynamic chord

i incidence angle, deg
L/D lift-drag ratio, Cr/Cp
M Mach number

q dynamic pressure

S plan-form area

o angle of attack, deg

B angle of sideslip, deg
3] control deflection angle, deg
Subscripts:

EQ equivalent

e elevator

f flap

N nose

R wing root

r rudder
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W wing (with tips undrooped for flat-top configuration)

o free stream
DISCUSSION

Since a substantial portion of the flight of gliders will be at, or
near, trim conditions, it is instructive to consider the approximate
range of interest in trim characteristics. (See table I.) 1In table I,
the high-lift-drag-ratio type of glider is envisioned as being the type
that operates in the atmosphere at values of trimmed L/D of the order
of 5 to obtain ranges of the order of 5,000 nautical miles. The low-
lift-drag-ratio type of glider is applicable to global missions or pos-
sibly orbital reentry missions. Trimmed angles of attack greater than
45°, as indicated in table I, would undoubtedly be necessary to obtain
values of trimmed L/D of the order of one-half for the winged vehicles
considered.

High-Lift-Drag-Ratio Type of Gliders

Firstly, a flat-top configuration will be considered (fig. 1). Lon-
gitudinal and lateral control is obtained by use of wing-tip flaps. Direc-
tional control at subsonic and supersonic speeds is obtained by use of the
rudder on the ventral fin. At hypersonic speeds (M > 6), body flaps pro-
vide the directional control and may serve as speed brakes at all speeds.
Studies of the static stability and control characteristics have been made
by Thomas J. Wong of the Ames 10- by lhk-Inch Supersonic Wind Tunnel Branch.

The longitudinal stability and control characteristics at trim for
this flat-top configuration are presented in figure 2. The open symbols
are for results obtained by use of scale models at the Mach numbers indi-
cated. The flagged symbols indicate that the ventral fin was extended.
S50lid symbols designate results obtained with hypersonically similar
models at the equivalent free-stream Mach number as obtained from the
hypersonic similarity law. (See ref. 1.) At supersonic speeds, the
variation in pitching moment with 1lift coefficient was reasonably linear
and CmCL was essentially invariant with Mach number. The usual desta-

bilizing shift at subsonic speeds is about 0,05 and the glider is neu-
trally stable. At subsonic speeds in the high-1ift range, however, a
pitch-up tendency was found. Elevator deflection required for trim is
shown on the lower part of figure 2. The deflections required are
small; thus the glider is essentially self-trimming.

L
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Directional stability is shown in figure 3 as a function of equiva-
lent Mach number for two angles of attack, 30 and 70. It is clear that
the glider maintains directional stability throughout the ranges of Mach
number and angle of attack shown, although at lower Mach numbers this
stability is achieved with the aid of the ventral fin. At Mach numbers
around %, there is some loss in stability with increasing angle of attack.

Lateral stability is shown in figure L. Here it is observed that
ClB is sometimes positive; that is, the effective dihedral is negative,

particularly at the higher Mach numbers and lower angles of attack. Some
roll instability is, therefore, indicated. Automatic roll stabilization

for the glider has been studied, but the situation is complicated by the

fact that the roll controls are located on the drooped wing tips. Thus,

aileron deflection produces yawing as well as rolling moments. A satis-

factory roll-stabilization scheme was found only after both the ailerons

and body-flap controls were employed in combination.

Secondly, a flat-bottom configuration is considered (fig. 5) which
has negative camber to provide trim, trailing-edge flaps for longitudinal
and lateral control, and rudders on the toed-in wing-tip fins for direc-
tional control.

Calculations of the longitudinal stability characteristics of the
basic body-wing combination without negative camber have been made at
free-stream Mach numbers from 6.9 to 18. The configuration is shown in
figure 6 along with the flow fields assumed in the theoretical analysis.
It was assumed that the half-cone and cylinder of the body operated in
the local flow of the upper wing surface throughout the ranges of «
and M. The interference region is shown shaded and bounded by the
inviscid shock wave generated by the nose cone and the average expansion
from the cone-cylinder juncture. Constant pressure was assumed in the
region between the two average expansions as well as between the wing
leading edge and nose-cone shock waves. Two-dimensional analysis was
applied to the lower wing surface. Finally, through the use of experi-
mental results, the induced effects and effects of leading-edge shock
detachment were included. This was accomplished by first plotting the
ratio of measured Cj, to calculated Cj, (using two-dimensional shock-

expansion theory) as a function of the hypersonic similarity parameter Mg,
(where My = M times @ in radians) for the wings of reference 2. This
ratio of measured Cy, to calculated C;, was plotted for each wing,

and each curve was designated as having a specific value of Mg (where

Mc = M times € in radians, and € is the wing half-apex angle). Then,

by use of the hypersonic similarity relations, My, and M, the appropri-
ate (1, ratios were obtained and multiplied times the calculated values for

iR
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CL of the vehicle at the four Mach numbers and various angles of attack.
Application of this C; ratio was also made to the pitching moments.

In figure 7 it is indicated that the calculations predicted Cy
very well and overestimated Cj somewhat. The Mach number effects
upon Cy are small and Cy 1s reduced somewhat as the Mach number is

increased. It is also noted that in the desired range of trim Cj,
(around 0.08), there is a sizeable pitching moment to be trimmed out.

The use of several devices considered for trim and control are shown
in figure 8. The trailing-edge flaps may be considered for longitudinal
and lateral control; in this instance some means must be provided for
directional stability and control. The three wing-tip-mounted controls
may be considered for longitudinal, lateral, and directional stability
and control.

In figures 9 and 10 are presented the characteristics of the con-
figuration with these controls at deflection angles of 0° and -20° at
M = 6.9. These results demonstrate the inability of these controls to
produce trim in the desired lift-coefficient range of about 0.08. The
highest values of trim Cj were obtained with the trailing-edge flap,

and this was only about 0.045.

Obviously a better method for trim is required, and the use of nega-
tive camber appears adequate as shown in figure 11. The measured and
calculated results of the same configuration untrimmed and trimmed by the
use of negative camber are presented. By this means a trim lift coeffi-
cient of about 0.09 and a trim angle of attack of about 9° were obtained
and may be accurately predicted. A loss in stability was realized by
trimming; however, the configuration is longitudinally stable at trim.
Similar results were obtained at M = 9.6.

In figure 12 are presented the measured and predicted CnB charac-

teristics of the configuration without and with two types of tip controls.
For these predictions, the assumptions for the flow field were similar to
those for the longitudinal calculations. It is seen that the configura-

tion without controls is directionally unstable. The directional stability
parameter CnB with either control is about the same at M = 6.9 and

essentially invariant with Mach number. The predictions of CnB are con-

servative. Additional results at M= 6.9 indicated that the use of nega-
tive camber had little effect upon CnB. Also, the control effectiveness

parameter Cn6 appeared to be adequate and was predicted with reasonable
r

accuracy by using conical-flow theory for the tip cones and oblique-shock
relations for the tip fins at M = 6.9. Some additional results of

GEE————
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wind-tunnel tests at M = 6.9 indicate that CnB increases with a in

the o range from 0° to 16° and that the configuration had positive
dihedral effect at o greater than 5°.

Low-Lift-Drag-Ratio Type of Gliders

Consider now the low-lift-drag-ratio type of vehicles which may oper-
ate in the atmosphere or might also be considered as orbital reentry vehi-
cles. As indicated in table I, it appears desirable for these vehicles to
trim at angles of attack from 20° to 45°, or greater, at 1lift coefficients
of from about 0.3 to 0.8.

In figure 13 are presented two configurations which are of the low-
lift-drag-ratio type. For the vehicle on the left, trim is accomplished
by the use of trailing-edge flaps; the combined use of deflected nose and
flaps accomplishes trim for the wvehicle on the right. In both instances,
the flaps in the upper and lower surfaces deflect in the same direction.
Cavities (shown as darkened regions on the rear of the vehicles) provide
a means to deflect the flaps within the vehicles. Both vehicles were
directionally stable at a = o° (no results for a > 0°). Directional
control was accomplished by deflecting the rearward portion of the leading
edges (shown by dashed lines in the plan views in fig. 13).

The experimental results in figure 14 indicate for this vehicle a
trim capability at Cy, of about 0.2 at an angle of attack of about 15°

with the flaps deflected -20°. TFor the other vehicle (fig. 15), a trim
C1, of about 0.45 and a trim a of about 30° was obtained with iy = 20°

and ®p = -10°. Extrapolation of additional measured results (with
iy = 20° and &p = -20°) show a trim capability at a Cp, greater than

0.7 and an o 1in excess of h5°. For both vehicles, optimization of the
combination of nose and flaps would undoubtedly increase the attainable
trim C;, and a.

CONCLUDING REMARKS

It appears that, in general, it is possible to obtain the desired
trim features. The flat-top configuration was found to be self-trimming,
whereas for the flat-bottom configuration negative camber provided an
effective means to trim. Furthermore, at the low angles of attack,
directional stability and control are adequate for the complete configu-
rations investigated; however, there is a need for further study of
directional stability in the high angle-of-attack range and of lateral
stability at all angles of attack.

MRS
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TABIE T

DESIRED CHARACTERISTICS AT TRIM

TYPE OF BOOST GLIDER

PARAMETER
L L
HIGH LOW
L 470 6 5T02
D
a, DEG 6TO9 20 TO 45
cL 0.06 TO 009 =03 TO 08
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EFFECT OF CONTROL ON LONGITUDINAL
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EFFECT OF NOSE AND FLAP INCIDENCES UPON
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HYPERSONIC BOOST GLIDER

LONGITUDINAL AERODYNAMIC CHARACTERISTICS
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LONGITUDINAL AERODYNAMIC CHARACTERISTICS OF
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DYNAMIC LATERAL BEHAVIOR OF HIGH-PERFORMANCE AIRCRAFT
By Martin T. Moul and John W. Paulson

Langley Aeronautical Laboratory

SUMMARY

Several proposed high-performance aircraft have been studied
analytically and by model flight tests to define some problem areas in
dynamic lateral behavior of high-speed aircraft which require specific
attention. In particular, aileron control problems and Dutch roll
characteristics with and without artificial damping were considered.
The results indicate that effective dihedral and cross-control deriva-
tives can have gross effects on the lateral stability and controllabil-
ity of hypersonic gliders.

INTRODUCTION

Hypersonlc gliders have been proposed which would extend regions
of manned flight to speeds of 20,000 feet per second and altitudes
above 200,000 feet. These airplanes, although they would fly to much
higher altitudes than current aircraft, experience dynamic motions and
control responses similar to those of current aircraft. This is so
because the dynamic pressures encountered throughout the flight regime
are appreciable; thus, significant aerodynamic forces and moments and
airplane natural frequencies comparable to those of today's aircraft
are obtained. As a result, dynamic stability and response character-
istics remain important. In this paper several possible problem areas
related to the lateral behavior of high-performance aircraft are
examined.

SYMBOLS
b wing span
S wing area
M Mach number
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q dynamic pressure
h altitude, ft
Ky autopilot gain, Sr/B
ks autopilot gain, ar/Sa
ks autopilot gain, &4/9
I moment of inertia about x-axis, slug-ft°
I, moment of inertia about z-axis, slug-ft°
tl/2 time to damp to 1/2 amplitude, sec
C. - Rolling moment

L aSb
c. - Yawing moment

n aSb
a angle of attack
B angle of sideslip
é rolling velocity
Og aileron deflection
Op rudder deflection
an = oC, [oB
Cyq = oC, /3
Cig = €[00,

a

e )
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DISCUSSION

Several stability and controllability problems related to lateral
behavior of high-speed aircraft, such as effects of static lateral deriv-
atives CnB and CZB on Dutch roll stability, aileron divergence cri-

teria, and effects of CZB and cross-control derivatives on damper

design, are considered.

In reference to the Dutch roll stability the following expression
defines a parameter which is generally a primary factor in determining
the undamped natural frequency of the Dutch roll mode. Negative values
of this parameter

Iz
C =C, - —aC (1)
Ug,DYN ~ g T Tl
may lead to a divergence. Although the exact expression for the Dutch
roll spring constant includes rotary derivative effects, this approxi-
mation which depends only on the static lateral derivatives CnB and

CZB is adequate for most cases. For flight conditions in which rotary

derivatives are large, these effects must be considered.

The contributing factors in CnB DYN are now considered. In addi-
J

tion to the directional stability, there is a contribution of effective
dihedral which is proportional to the inertia ratio I, /Iy, and angle of

attack. For long, slender, high-speed aircraft, inertia ratios I, /I,

of 10 or more are common. Thus the term involving CZB can have a pre-

dominant effect even at moderate angles of attack. For example, if the
aircraft has negative effective dihedral, this term can overcome direc-
tional stability and lead to a divergence. In an effort to obtain posi-
tive directional stability at high Mach numbers and angles of attack,
designers are considering configurations, for example, ventral fins,

which may lead to negative effective dihedral. Thus, although CnB is

N
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improved, may be decreased, and a marginally stable or unstable »

C
'3, DYN
airplane will result.

Now consider the other condition of positive effective dihedral.
With positive effective dihedral this term can compensate for negative
directional stability and produce & stable airplane. An illustration
of this favorable effect of positive effective dihedral and the impor-
tance of CnB,DYN will now be presented.

e

i i da
Figure 1 shows plots of CnB an CnB,DYN

tion discussed in reference 1. These parameters are plotted against
angle of attack.

for a canard configura-

For this particular configuration having twin inboard vertical
tails, Cp, decreased with increasing angle of attack and reached large

B
negative values in the high-angle-of-attack range, where negative values ;
of C are normally associated with a directional divergence. The loss

"B

of CnB is attributed to an effective change in the angle of sideslip

of the vertical tail associated with the vortex flow from the canard .
surfaces. However, the CnB DYN criterion indicates the airplane to be
)

stable up to an angle of attack of 2.0,

A model of this configuration was tested in the Langley full-scale
tunnel by the free-flying-model technique at angles of attack of 28°
to 550. The model flew smoothly and was easy to control, but at the
higher angles of attack where CnB DYN goes to zero, the pilot observed
J

that the model was becoming difficult to control as expected.

The following expressions are criteria that should be satisfied
when using rudder and aileron controls to maintain zero bank angle:

For the aileron alone:

C
Cn 2 >0 (2)

CZBa

s = Clp

For the aileron plus rudder proportional to sideslip (Sr = le):

C
Ch -C;. —2+k

o

c
"0a

T
1,

Clar - Cn5r >0 (5)

AR
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For the aileron plus rudder proportional to aileron (5r = k26a):

C (1)

+ C?’B

B C7‘5a + koC 16r

The first expression (eq. (2)) is a divergence criterion when
aileron alone is used. This expression must be positive to avoid a lat-
eral divergence. Divergence can result for combinations of (l) positive
effective dihedral (-CZB) and adverse yaw, since Cnaa/CZSa would be

negative, and (2) negative effective dihedral and favorable yaw with
Cn6 /Clg being positive. The importance of this criterion has been
a a

demonstrated in flight tests of airplanes having positive effective
dihedral and adverse aileron yaw.

Some unconventional controls proposed for preliminary hypersonic
configurations have actually produced cross-control derivatives of the
same order of magnitude as the basic control derivatives and results
have been obtained recently at low speeds with free-flying models of
such configurations. Figure 2 shows the ratio of aileron effectiveness
parameters (yawing moment to rolling moment) of three hypersonic glider
configurations (a flat-top, a flat-bottom, and an all-wing configura-
tion) plotted against angle of attack. Positive direction corresponds
to favorable aileron yaw.

Notice that the flat-top and all-wing configurations have aileron
yawing moments twice as large as the rolling moments, whereas the flat-
bottom configuration has relatively small aileron yaw. All three con-
figurations have positive effective dihedral and in terms of the aileron-
alone divergence criterion, the all-wing configuration with large adverse
yaw is predicted to be divergent.

Models of these three configurations were flown at angles of attack
of 10° to 20° using aileron control only. The flat-bottom model flew
smoothly and was easy to control. The flat-top model experienced con-
siderable yawing motion because of the low level of CnB DYN and the

b

large aileron yaw. The all-wing model was rapidly divergent, as
expected, and could not be controlled. After this test, the rudder of
the all-wing model was linked to the aileron to reduce the aileron yaw
effectively and the model became controllable. In general, when both
rudder and aileron are used for control, the two cross-control deriva-
tives, yaw due to aileron and roll due to rudder, are important in
determining the divergence characteristics. Two automatic-control
schemes for introducing deflections to alleviate this divergence con-
dition have been examined.

i
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The divergence criterion (eq. (3)) when the rudder is used propor-
tional to sideslip angle in order to reduce sideslip has been given.
The first part of this equation is identical to that of equation (2) and
the second part is a function of the aileron and rudder effectiveness
derivatives. For .configurations which would be divergent with aileron-
alone control, the possibility exists for stabilizing the system by the
effect of the second term. Of course, the second term can be destabil-
izing too for values of cross-control derivatives having like algebraic
signs and exceeding the primary derivatives CZSa and Cnﬁr'

The divergence criterion when the rudder is deflected proportional
to the aileron in order to counter aileron yaw is given in equation (k4).

The aileron-alone criterion (eq. (2)) is modified by a k20n5 term in
T
the numerator and a kQCZ6 term in the denominator. If k, 1s set equal
C r
to - naa, this destabilizing term becomes zero. Thus, feedbacks in the

0y

r

form of rudder deflections proportional to sideslip angle and aileron
deflection may be effective in alleviating divergence conditions.

These cross-control derivatives can also have an important effect
on damper design. Both yaw and roll dampers may be required to provide
satisfactory lateral characteristics at high altitudes. Next, a stability
problem arising from the use of dampers with a hypersonic glider configu-
ration is considered.

Figure 3 shows the effects of large variations of the cross-control
derivatives on Dutch roll damping for a flat-bottom hypersonic glider
configuration for a flight condition of M = 6.86 and an altitude of
130,000 feet. The ratio of Cnéa to CZBa is plotted as the ordinate.

The ratio C C is plotted as the abscissa. Curves of constant time
1 ng
Or T

to damp to 1/2 amplitude of 1, 2, and 5 seconds, and infinity are shown.
This figure indicates the variations in the Dutch roll damping for com-
binations of cross-control derivatives up to 2 after roll and yaw damper
gains were selected to provide a Dutch roll damping Jjust under 2 seconds.
Generally large changes in damping can result from variation in these
parameters. In particular for the range of cross-control derivatives
shown for this airplane, large losses in Dutch roll damping can result
for favorable aileron yaw and negative rolling moment due to rudder
deflection (first quadrant). 1In fact, for some combinations of the
ratios (l:l, for example) the damping is actually reduced to zero. This
is by no means a general result. Other airplanes might experience damping
losses for different combinations of these parameters.

s
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In recent designs of damper systems, such problems have already
arisen and in one case, for example, the problem was solved by feeding
a yaw-rate signal into the roll channel to offset the rolling moment
due to the rudder. Also interconnections between rudder and aileron
have been used to alleviate the effect of large cross-control deriva-
tives. Since airplanes are being designed to fly through a wider range
of flight conditions, it is becoming increasingly difficult to avoid
large values of cross-control derivatives, and this problem may become
more critical.

In addition to the cross-control derivatives, dihedral effect )

may also have an important effect on damper design. The effect of posi-
tive and negative effective dihedral on Dutch roll frequency has been

discussed, and in figure 4 the results of s study to investigate damper-
gain requirements for values of CZB of 0.027 and ~-0.027, are presented.

Damping as is shown for the two lateral modes of primary concern,

1/
1/2

the Dutch roll oscillation and the damping-in-roll mode, as a function
of roll-damper gain kz for a flight condition of M = 6.86 and an

altitude of 130,000 feet. The cross-control derivatives were considered
to be zero. The solid lines on the figure correspond to the case of
CZB = 0.027 or negative effective dihedral. A yaw-damper gain was

selected for which the Dutch roll oscillation would damp to 1/2 amplitude
in 2.5 seconds, based on a one degree of freedom in yaw response. With
this yaw damper and zero k3, no roll damper, the damping-in-roll mode

is unstable and indicated a rapid roll divergence. The Dutch roll oscil-
lation has good damping at this point. As k5 is increased, the demping-

in-roll mode is made stable but the damping of the Dutch roll oscillation
decreases markedly.

For the case of CZB = =0.027, positive effective dihedral, two
important differences should be noted. First, the damping-in-roll mode
is stable even for ky = 0, and, secondly, as ky 1is increased, the
Dutch-roll damping is higher. A comparison of both sets of curves
clearly indicates the importance of CZB in determining roll- and yaw-

damper gains and the poor damping which may result with negative effec-
tive dihedral.
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CONCLUS IONS *

In conclusion, some studies of high-performance aircraft have
indicated that: .

1. For recently proposed high-performance aircraft having high
inertia ratio I,[Iy, the effective dihedral parameter CZB assumes

greater importance in affecting the lateral stability characteristics
of the airplane. In particular, negative effective dihedral may lead to

a divergence.

2. Attention must be given to the cross-control derivatives of
hypersonic aircraft in avoiding divergence conditions and adverse effects

of dampers.
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DIRECTIONAL STABILITY PARAMETERS OF
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SIMULATOR INVESTIGATION OF COMMAND REACTION CONTROLS
By Euclid C. Holleman and Wendell H. Stillwell

NACA High-Speed Flight Station
INTRODUCTION

Exploitation of the ballistic capabilities of present or contemplated
manned vehicles requires some form of reaction control so that attitude
control will be possible beyond aerodynamic flight limits. Figure 1 shows
the pertinent control regions for a plot of altitude against Mach number
with an indicated area that represents a dynamic pressure q from 5 to
10 pounds per square foot. In general, it is believed that above this
region reaction controls will be required.

Initial investigations of reaction-control usage were made with an
analog simulator. These studies investigated on-off acceleration reaction
controls which gave adequate control, but which required constant atten-
tion to the control task. Such a reaction control system was designed
for the X-1B airplane and has been ground-tested with the use of a three-
degree-of-freedom simulator. Flight tests of these reaction controls
have been initiated.

The purpose of this paper is to evaluate the effectiveness of reac-
tion controls that command velocity and attitude and to compare these
systems with the acceleration command system. Although many of the data
were obtained for ideal systems at zero dynamic pressure, some results
are also available to assess the effects of low dynamic pressure as well
as assumed rocket-system lags.

METHOD

The present study was performed by utilizing a closed-loop simulator
consisting of an analog computer, oscilloscope for presentation, control
stick, and pilot.

The analog computer was used to solve the differential equations
that represented the airplane and control system. Three degrees of free-
dom were assumed for the zero-dynamic-pressure case, and five degrees of
freedom were assumed for the finite-dynamic-pressure case. The mass and
basic aerodynamic characteristics of a representative research airplane
at a Mach number of 4.5 were used for the assumed problem. A three-axes

SRR
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control stick (fig. 2), which is similar to the controllers being used in
the X-1B airplane, was used. This stick required up-and-down motion for
pitch control, side-to-side motion for yaw control, and rotation for roll
control. Also shown in the figure is the presentation to the pilot; that
is, a trace on an oscilloscope moved up and down to represent pitch and
rolled to signify roll whereas yaw was indicated on a meter.

Since it was desired to use these control systems for orientation as
well as stabilization in the reaction-control region, several evaluation
tasks were employed. The response and precision of control were evalu-
ated by making pitch, yaw, and roll changes in attitude and by coordi-
nating these changes. This task will be referred to as the orientation
task. Another control task consisted of attempting to retain initial
attitude after the imposition of a sudden constant angular acceleration
of 2 degrees per second per second in pitch or yaw, and will be termed
the stabilization task.

RESULTS AND DIS%USSION

Previous studies of acceleration on-off reaction controls have indi-
cated desirable levels of control effectiveness and proportioning. A
summary of these results is presented in figure 3, which shows satis-
factory control regions that are functions of roll control effectiveness
and control effectiveness ratio. Control effectiveness is defined as the
angular acceleration produced by full control. Control effectiveness
ratio is the ratio of roll control effectiveness to yaw or pitch control
effectiveness. For a stabilizing task the on-off acceleration controls
were satisfactory in the triangular region shown. Higher control effec-
tiveness resulted in overcontrol tendencies. Also shown is the value
presently being flight tested with the X-1B airplane. The limits of the
present study are shown by the bars. Although this study was not as
comprehensive in determining the limits of satisfactory control as the
previous on-off study was, the three systems - proportional acceleration
command, velocity command, and attitude command - gave satisfactory con-
trol over the range shown, which is a much larger range of control
effectiveness than was obtained with the on-off controls. Somewhat
arbitrary values of roll control effectiveness of 20 degrees per second
per second and a control ratio of 4 were used for all the results pre-
sented. The discussion that follows compares the results obtained from
proportional acceleration, velocity, and attitude command systems.

For an auxiliary control system such as the reaction control, econom-
ical operation is of great importance. The fuel requirements are one
indication of the effectiveness of the closed-loop control. Figure 4
shows the effect of feedback gain for the velocity command and the atti-
tude command systems on the relative fuel required for the stabilization

s 8
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task. The fuel requirements have been normalized to the acceleration
command system, which is represented by the intersection at zero gain.
For the velocity command system, the relative fuel required decreases
with increasing feedback gain. A feedback gain of 1.5 gave good
response as well as reasonably good economy for the velocity command
system and was used for most of the tests. For the attitude command
system, the relative fuel required was rather insensitive to feedback
gain in the range from 0.1 to 0.5. A value of 0.25 gave desirable
response characteristics for the attitude command system and was used
subsequently.

In figure 5 the fuel required to change pitch attitude 30° and
stabilize in different time intervals is compared for the three systems.
Yaw and roll results are not presented, but these results would be com-
parable. As might be expected, the slower maneuvers require less fuel
than the faster maneuvers. It is apparent that the velocity and attitude
command systems are about as economical as the acceleration command
system.

The curves shown in figure 5 represent near-minimum fuel require-
ments for these maneuvers and are much more easily realized with the
velocity or attitude system than with the acceleration command system.
This is illustrated in figure 6. Note that the pilot control manipula-
tion for the velocity and attitude command systems is much less than
for the acceleration command system for satisfactory completion of the
orientation task. Initial attempts to change attitude with the accele-
ration system usually resulted in overcontrol and invariably resulted
in more control manipulation.

The results discussed thus far were for ideal systems with ideal
rocket characteristics. The effect of practical rocket thrust response
on the relative fuel required for the stabilization task is shown in
figure 7. Practical rocket response is characterized by a delay and
buildup time. Thrust buildup times to 0.4 second were investigated
and had no measurable effect on the performance of the systems. Delays
up to 0.4 second, which should cover the range of practical delays, had
little effect on the relative fuel for any of the three systems. The
X-1B had a lag of 0.2 to 0.4 second. For the large delay of 0.8 second
the velocity and attitude systems showed only a small increase in rela-
tive fuel, but the acceleration system showed a large increase in rela-
tive fuel. These trends were even more evident during orientation tasks.

In order to gain some insight into the effect of dynamic pressure on
the control task with reaction controls, stabilization tasks were per-
formed at constant dynamic pressure. The results of these tests are shown
in figure 8. It can be seen that with the velocity and attitude command

CEE———
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systems, there was little effect of dynamic pressure. With the accelera-
tion command system, dynamic pressure can have a marked effect, depending
on pilot technique and effort expended. With very close attention to the
task, the efficiency of this system can approach that of the velocity or
attitude command systems, but many maneuvers, though not out of control,
resulted in the fuel required that is indicated by the upper bounds of
the cross-hatched area. The dynamic-pressure region of 5 to 10O pounds
per square foot appears to be a very demanding region for precise control
with the acceleration system due to dihedral effect.

In figure 9, these results are extended by simulating the initial
buildup in dynamic pressure during a typical entry without damper
augmentation. Shown are time histories of dynamic pressure, sideslip,
yaw control, bank angle, and roll control for the acceleration (shown
by solid lines) and velocity (shown by dashed lines) command systems.
It was the task of the pilot to recognize a sideslip misalinement, to
zero sideslip, and to maintain control of the airplane during the
dynamic-pressure buildup. Successful entry could be accomplished with
either of the control systems. As dynamic pressure increased, it
became necessary to control the sideslip precisely to prevent large
excursions in roll. The velocity command system minimized this task;
whereas, with the acceleration system, the task was more difficult.
Roll excursions of considerable magnitude were evident especially in
the higher dynamic-pressure range. It should be noted, however, that
in this dynamic-pressure range the aerodynamic controls would be of
increasing importance. With the attitude command system, entry was
accomplished without pilot control.

CONCLUDING REMARKS

In conclusion, it may be said that a velocity or attitude command
reaction control system would facilitate the task of orientation and
stabilization in regions of low dynamic pressure. All the systems were
insensitive to lags that might be encountered in practical rocket systems,
but at large lags the effectiveness of the proportional acceleration sys-
tem deteriorates much more rapidly than does the effectiveness of the
other control systems. Dynamic pressure complicates the stabilization
and orientation problem by aerodynamically coupling yaw and roll, but
this complication only serves to emphasize the superiority of the wveloc-
ity and attitude command systems over the acceleration system. The
attitude command system was superior to the velocity command system as a
stabilizing device, but the velocity command system was preferred for
orientation. Finally, additional studies would be desirable to determine
whether the more sophisticated reaction control systems are required
during critical entry conditions.

T
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PERTINENT CONTROL REGIONS
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CONTROL EFFECTIVENESS REGIONS STUDIED
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SIMULATION STUDY OF A HIGH-PERFORMANCE AIRCRAFT
INCLUDING THE EFFECT ON PILOT CONTROL OF
LARGE ACCELERATIONS DURING EXIT
AND REENTRY FLIGHT

By C. H. Woodling, James B. Whitten, Robert A. Champine,
and Robert E. Andrews

Langley Aeronautical Laboratory
SUMMARY

A discussion is given of a simulation study of a high-performance
aircraft conducted on the human centrifuge at the U. S. Naval Air
Development Center, Johnsville, Pa. The centrifuge, in combination with
an analog computer, provided a pilot-controlled simulator which subjected
the pilot to linear accelerations similar to those he would encounter in
exit and reentry flight.

Results of this study indicated that accelerations of the magnitude
considered in this program did not significantly affect the pilot's abil-
ity to carry out his flight task when "flying" the airplane with auxiliary
dampers operating. However, large oscillating acceleration patterns during
reentry flight, such as might be encountered with certain damper failures,
were found to make some reentries marginal and some impossible because
of the effect on the pilot's ability to see and read instruments and
satisfactorily control the airplane.

It is believed that the centrifuge simulator is a significant advance
over static or "fixed-base" simulators for evaluation of pilot restraint,
controls, instrument display, and pllot and airplane response.

INTRODUCTION

In the past, simulation studies of pilot control capabilities,
including an analog-computer representation of the motion of the air-
plane, have been found to be valuable in the investigation of difficult
piloting problems. For example, simulation studies have been made of
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roll coupling, pitch up, and pilot control during landing. In such ~
studies, however, the pilots were not subjected to the sometimes violent
motions that the airplane would encounter. At present, studies are being
conducted of manned vehicles which will be required to exit from and
reenter the earth's atmosphere and in which the pilot will be sub jected
to large accelerations during the exit and reentry phases. Due to the
lack of actual flight experience under such conditions, it is desirable
that the vehicle and its flight environment be simulated as closely as
possible if the pilot and airplane responses are to be predicted with a
certain degree of confidence. The subject of this paper is a discussion
of a simulation study of a high-performance aircraft conducted on the
human centrifuge at the U. S. Naval Air Development Center, Johnsville,
Pa. In this study the pilot was subjected to the large linear accelera-
tions that he would encounter in flight. This study was conducted as

a joint effort between NACA and NADC and this opportunity is taken to
acknowledge the excellent cooperation of the NADC personnel and particu-
larly Dr. Carl Clark of the Aviation Medical Acceleration Laboratory for
his efforts and supervision which contributed largely to the success of -
this program.

[ )

SYMBOLS
h altitude, ft -
M Mach number
ay longitudinal acceleration, g units -
ag normal acceleration, g units

DESCRIPTION OF SIMULATOR SETUP

A portion of a trajectory, typical of that planned for the North
American X-15 research airplane, was considered in this investigation and
is shown in figure 1. 1In this figure, altitude h, Mach number M, longi-
tudinal acceleration ay, and normal acceleration ag are plotted against

time which is given in seconds. This part of the trajectory starts at

48 seconds prior to engine burnout at an altitude of 60,000 feet, a Mach
number of 2, on a zero lift or zero angle-of-attack flight path, and at

a climb angle of 45°. During the powered phase of the exit, the thrust -
acceleration increases from 2g to about 4g. While under this acceleration

and in the presence of out-of-trim moments in pitch and yaw due to mis-
alinement of the thrust, the pilot's task is to fly with the wings level -

N
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at zero angle of attack and sideslip. At burnout the acceleration
rapidly approaches zero and disturbances are encountered due to the
sudden termination of the misalinement moments. As the airplane reaches
the higher altitudes, aerodynamic control becomes less effective and
reaction control is used to keep the airplane at the proper attitude.

If the pilot is able to perform his task properly during exit, the air-
plane will level out at about 250,000 feet. For reentry, the pilot pulls
up to a prescribed angle of attack at about 200,000 feet, holds this
angle of attack until the normal acceleration builds up to about 5g
because of the increasing dynamic pressure, and then decreases the angle
of attack in order to retain nearly constant acceleration until the rate
of descent approaches zero. The angle of attack is then further reduced
until level flight at 1lg is obtained.

The main objectives of the centrifuge program were to answer the
following questions:

Can the centrifuge under closed-loop control provide a useful
dynamic simulation of a high-performance aircraft under large
accelerations?

What are the effects on the pilot's ability to control the dynamic
simulator when he is subjected to longitudinal accelerations of the order
of 4g during exit and normal accelerations of the order of S5g during
reentry?

What is the effect of various angles of attack and associated accel-
croticns on the pilot's gbility to fly the reentry?

(0]

How well can the pilot perform his task during reentry when sub-
jected to large and rapidly oscillating acceleration patterns, such as
might be encountered with certain damper failures?

The human centrifuge is located at the Aviation Medical Acceleration
Laboratory at NADC. A photograph of this centrifuge is presented in

figure 2.1 The centrifuge consists of an enclosed gondola mounted in a
two-gimbal system on the end of a 50-foot rotating arm. The gimbal sys-
tem consists of an outer gimbal which rotates about a horizontal axis
perpendicular to the centrifuge arm and an inner gimbal which rotates
about an axis in the plane of the outer gimbal and perpendicular to the
axis of the outer gimbal. The total acceleration of the centrifuge gon-
dola when the arm is set in motion is comprised of a radial component
proportional to the square of the angular velocity of the arm, a tangen-
tial component proportional to the angular acceleration of the arm, and
the vertical acceleration of gravity. The controlled gimbals allow

1A motion-picture film (L-312) showing the operation of the facility
and some results of this study has been prepared and is available on loan
from NACA Headquarters, Washington, D. C.
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positioning of the centrifuge gondola with respect to these accelerations
so that the pilot is subjected to linear accelerations similar to those
he would experience in flight. It should be noted that, since the cen-
trifuge has only three degrees of freedom as compared with the six of

the airplane, the accurate simulation of the linear accelerations must

be done at the expense of angular motions which are not like those expe-
rienced in an airplane. However, it was found that under the large
linear accelerations that were utilized in this study, the pilots were
not significantly disoriented or distracted by these wrong angular motions
or accelerations. The design capabilities of this centrifuge are a maxi-
mum radial acceleration of 4Og with a maximum rate of 10g per second. A
more detailed discussion of the centrifuge operation and capabilities

is given in references 1 and 2.

Figure 3 shows a diagram of the closed-loop simulator that was used
in this program. The simulator included an analog computer, a coordinate
converter, and the centrifuge in which the subject pilot was placed. The
closed-loop control was accomplished by feeding the three linear acceler-
ations of the pilot, as determined by the analog computer from the equa-
tions of motions of the airplane, to a coordinate converter. Here the
accelerations were converted to centrifuge commands in the form of gimbal
angles and arm angular velocity and acceleration. The centrifuge then
subjected the pilot to the three desired accelerations as indicated by
the analog computer. While under these accelerations, the pilot observed
the instrument panel, on which were displayed necessary quantities from
the analog computer, and applied stick and rudder deflections which were
fed back as input signals to the analog computer. Thus, the loop was
completed, since the pilot's inputs actually controlled the motion of the
centrifuge. The two main parts, that is, the analog computer and the
centrifuge were located at a distance of approximately 3,500 feet apart
and were tied together operationally by telephone lines.

The analog setup included a six-degree-of -freedom representation of
the airplane motions, control equations (including auxiliary damper terms
and pilot inputs), and computation of the dynamic pressure as a function
of altitude and velocity. The aerodynamic characteristics were simulated
as a function of both Mach number and angle of attack.

A simulated cockpit was mounted in the centrifuge gondola and
included a right-hand console stick, rudder pedals, a left-hand ballistic
or reaction control stick, and, for comparative purposes, a standard cen-
ter control stick. An instrument display panel, which is shown in fig-
ure U4, was provided for the pilot. The primary instruments used in this
program included an attitude ball indicating roll and pitch angles, and
indicators presenting angle of sideslip, angle of attack, normal accel-
eration, inertial altitude, inertial velocity, inertial rate of climb,
roll rate, and heading. Positioned below the panel were damper-malfunction
indicator lights and associated switches.
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The pilot was secured in the gondola by an integrated harness
arrangement. For head restraint the subject's helmet was fastened inside
a bucket-type headrest by a steel cable which was attached to the helmet
and fixed to the back of the headrest.

RESULTS AND DISCUSSION

The remaining part of this paper discusses some of the more perti-
nent findings of this study. Included in these results are some of the
pilots' comments and their evaluation of the dynamic simulator.

A typical run on the centrifuge was started by manually bringing
the centrifuge up to the initial condition of 2g thrust acceleration.
From this initial condition, the pilot would actually start his flight
and assume control by turning on the engine switch on the instrument
panel. This switch started the integrators of the analog. The angular
velocity of the centrifuge would then increase, and the pilot was sub-
jected to the increasing thrust acceleration. During this period of
prolonged acceleration, the pilots experienced a drainage of the sinus
and a feeling of fullness in the throat which resulted in frequent
coughing. Breathing during this time was difficult, usually rapid and
shallow. At burnout, oscillations started because of the sudden removal
of the thrust misalinement; these oscillations could be stopped by the
use of aerodynamic control if the pilot reacted promptly. If the pilot
reacted slowly, the oscillations persisted to higher altitudes and the
use of reaction control was found necccssary. At burncut, the centrifuge,
unable o similate less than 1 g, would come to rest. The pilot would
then fly the Og portion of the trajectory (about 2 minutes duration)
statically (with the centrifuge at rest) at lg. As the airplane reen-
tered the atmosphere, the centrifuge would again rotate in response to
the buildup of normal acceleration. The reentry required rapid scanning
of a relatively large number of instruments and a high degree of concen-
tration. The high rate of scanning found necessary in this study indi-
cated that the relocation and possibly combining of certain instruments
for a more nearly optimum display should be considered. With all dampers
operating, three reentry conditions were considered. These were an angle
of attack of 15° with an acceleration of 5g until recovery, 20° with 4.5g,
and 25° with bg. Little difference was noted in these reentry conditions
except that the 25° case required slightly more control than the 20° or
15© reentries. The difference between 4g and 5g normal acceleration had
no noticeable effect on the pilot's ability to reenter. Only moderate
"greyout" was experienced during the reentries. Safety stops were
included in the simulator which would automatically terminate the run
if the commanded acceleration exceeded 8g; however, the subjects rarely
received an acceleration over bg.

W——
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It is of interest to note here, before discussing some of the damper
failure results, a few comments concerning the comparison of the center
control stick with the right-hand stick. The majority of the flights
were made with the right-hand stick. However, for the few flights with
the center stick, the pilots felt that it was a good controller at low
accelerations. Above about 2g, however, two hands were used and the
center control stick was considerably more difficult to use than the
right-hand stick because of the acceleration effects on the hand and
arm positions.

An important part of the investigation was to determine the ability
of the pilot to control the airplane during reentry under certain damper
failures. Figure 5 shows the effect on reentry of one of the damper
failure conditions investigated. Shown are the lateral accelerations
during a 25° angle-of-attack reentry (starting 190 seconds after the
beginning of the flight) for the case of all dampers operating and the
case of a yaw-damper failure. It should be mentioned that in the pres-
ent investigation the damper system consisted of dampers about all three
axes and, in addition, a crossfeed of yaw rate to the roll control sur-
face. In the reentry shown in figure 5, the crossfeed and yaw damper
were both not operating. This condition would correspond to a failure
of the yaw-rate sensing gyro. With all dampers operating, the pilot was
able to maintain practically zero lateral acceleration during reentry.
However, with the damper failure a maximum lateral acceleration of about
+2g was encountered. Even though the pilot was able to fly the airplane
to recovery under this failure, he experienced some difficulty in reading
the instruments during the motion and considered the system used for body
and head restraint necessary in avoiding loss of orientation and minimizing
distractions from being jostled about.

Another type of damper failure that was simulated 1s shown in fig-
ure 6. Shown in this figure is the normal acceleration during reentry
with all dampers operating and with the pitch damper falled. At about
225 seconds, the pilot was unable to cope with the high oscillating
accelerations, and the run was automatically terminated when the safety
stop was reached at 8g. It is of interest to note the change in fre-
quency of the oscillation as the airplane reenters the atmosphere. It
should be mentioned that in the static or "fixed-base" simulation tests,
where the pilot was not subjected to normal accelerations, he was able
to reenter under this condition of pitch-damper failure about 60 percent
of the time. However, the pilots never did reenter successfully in the
dynamic tests on the centrifuge. The pilots believed that the oscil-
lating acceleration was such that it did not permit them to control as
precisely as required.

Although no specific results will be discussed for reentries with
roll-damper failure, reentries with this failure were found to be
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extremely difficult. For a small percentage of the cases, recoveries
were made with very precise control of a low-angle-of-attack reentry.

CONCLUDING REMARKS

The centrifuge simulator was found to be a useful dynamic simulation
of a high-performance aircraft under large accelerations. It is believed
that this simulator is a significant advance over fixed-base simula-
tors for evaluation of pilot restraint, controls, instrument display,
and pilot and airplane response.

For the trajectory considered in this study, and with all the dampers
operating, the pilots were generally able to carry out successfully their
flight task while under longitudinal acceleration of the order of 4g and
normal acceleration of the order of 5g, even though some physiological
effects were noted. However, large oscillating acceleration patterns,
such as might be encountered in the case of certain damper failures,
were found to make some reentries marginal and some impossible because
of the effect on the pilot's ability to see and read instruments and
satisfactorily control the airplane.
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HYDRODYNAMIC CHARACTERISTICS OF MISSILES
LAUNCHED UNDER WATER
By John R. Dawson

Langley Aeronautical Laboratory

SUMMARY

Some of the hydrodynamic problems associated with the launching of
an air missile from under water are examined briefly. From a limited
hydrodynamic investigation that has been made in this field, some experi-
mental results are presented to illustrate the problems that may be
expected.

INTRODUCTION

Much interest is currently being given to the possibility of
launching an air missile from a submerged submarine in such a manner
that the missile rockets can be fired after the missile emerges from
the water surface. In order to examine some of the problems encountered
in such launchings, the NACA has made some hydrodynamic experiments in
Langley tank no. 2 with a dynamic model of a typical missile.

SYMBOLS
d depth of launching catapult
t time after emergence
1) launch apgle (cant of launching tute)
e angle of deviation of missile from vertical
81 sEC angle of maximum deviation 1 second after emergence

i
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APPARATUS AND PROCEDURE

Experiments have been made with a small-scale dynamic model repre-
sentative of a suitable missile configuration (fig. 1). The weight,
moment of inertis, and center-of-gravity location of the model were
scaled from representative full-scale values.

The launching method used is illustrated in the sketch included in
figure 2. As is shown, the missile was launched by means of a submerged
catapult. This simple catapult used compressed air in a manner currently
being considered for full-scale launching, but it was not a model of any
particular full-scale catapult. The catapult was placed on a small car-
riage which was towed along underwater rails by means of an electric
winch when it was desired to simulate the forward motion of the submarine.
A few tests were made with the catapult tube inserted in a streamline
body as shown in figure 2, but it was determined that for the submarine
speeds under investigation, the effect produced by this body was small,
and most of the tests were made with the launching tube alone. The
deviation of the model from the vertical after emerging from the water,
designated the angle 6, was determined from motion-picture frames.l

RESULTS AND DISCUSSION

The data in figure 1 are for a launching depth of 100 feet and an
emergence speed of 90 feet per second. The deviation angle 8 is
plotted against time after emergence from the water surface. It is, of
course, necessary that the angle 6 be within limits that will permit
control by the missile guidance system at the time when the rockets are
fired. Fach test point shown represents the maximum deviation obtained
from a group of test runs made for each condition. In the calm-water
condition only random disturbances affect the model, which is statically
unstable, and the area shown represents a cross section of the cone of
dispersion of © values. It is advantageous to fire the rockets as
soon as possible after the missile emerges, because of the increase in
deviation with time. The value of 6 1 second after emergence (repre-
senting a reasonable delay for rocket firing) is used as a simple figure
of interest. The 12-foot wave introduced maximum angular deviations
(after 1 second) of about 20° more than the 8° obtained in calm water.
The water in a wave crest moves in the direction of the wave train while

1) short motion-picture film supplement (L-313) illustrating the
effects indicated in this paper is available on loan from NACA
Headquarters, Washington, D. C.
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- that in the trough moves in the opposite direction. Accordingly, emer-
gences through the crest and through the trough gave deviation angles
in opposite directions but of about the same magnitude.
. The effect of the forward speed of the submarine is shown in fig-

L 4

ure 3, where the maximum angle of deviation 1 second after emergence
(designated el_SEC) in calm water is plotted against the vessel's speed

of advance. These data were taken with the launching tube vertical.

The launching vessel was traveling on rails and its reactions from the
catapulting forces were therefore negligible. In all cases the devia-
tion angle was opposite to the direction of the vessel's forward motion.
At 3 knots the deviation was about 45° and even at 1 knot the deviation
was more than twice that obtained in the static condition. The advan-
tage of getting the submarine speed down to a low value is emphasized
by these data.

''ne curved path of the missilie, when the submarine is under way,

- can be made more nearly tangent to the vertical after emergence by
canting the launching tube forward at a launch angle ¢ as shown in
figure 4. The data in this figure are for a "hovering" speed of 1 knot.
Under the conditions shown, the deviation was least at a launch angle

- of about 6°, for which case the measured deviation 1 second after emer-
gence was 12°, Thus, about half the deviation introduced by the l-knot

d has been reccvered by canting the launching tube at opti-

h angle. Although the optimum angle is not critical, the prac-

tical use of this trend will depend on the accuracy with which the sub-

marine trim can bpe maintained. Somewhal simiiar results would be expected
if the submarine itself instead of the launching tube in the submarine
were inclined at the launch angle.

sulie}
(]
o

In figure 5 the effect of launching depth is shown. For these data
the launching vessel was fixed and the speed of emergence from the water
surface was maintained constant at 90 feet per second. A rapid increase
in the deviation angle occurred with increase of depth. At 