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LOCAL HEAT TRANSFER TO BLUNT NOSES AT HIGH SUPERSONIC SPEEDS 

By W i l l i a m  E. Stoney, Jr. 

Langley Aeronautical Lab or at  ory 

A brief summary i s  presented of :he recent theoret ical  and experi- 
mental work on loca l  heat-transfer rates on blunt-nose bodies. Compari- 
sons of theoret ical  and measured heating ra tes  indicate the following 
conclusions: The calculation of loca l  conditions over noses of high 
radius of curvature needs more study and tes t ing  at the  present time. 
If loca l  flow conditions are  known, the laminar heating ra tes  over the 
whole nose shape can be calculated h i th in  most engineering accuracy 
requirements f o r  the whole range of Mach numbers up t o  13.8. 
case of turbulent flow, turbulent f l a t -p l a t e  theory based on loca l  flow 
properties can provide good estimates of the heating ra tes  possible. 
The prediction of t rans i t ion  remains at present the  biggest unknown. 

For the  

INTRODUCTION 

The importance of blunt-nose shapes has increased i n  recent years 

High 
because such shapes have many advantages i n  comparison with the more 
common sharp-nose shapes fo r  missiles having high heating rates. 
drag is sometimes desirable for  b a l l i s t i c  missiles and does not penalize 
the  t o t a l  efficiency of these missiles since they operate at  essent ia l ly  
drag-free a l t i tudes  fo r  the  major par t  of t h e i r  f l i gh t .  
erence 1, extremely blunt noses develop lower t o t a l  heating rates  than 
do sharp noses of about the same s ize  and d r a g .  
most importantly, there are many indications that extremely blunt shapes 
fos te r  longer runs of laminar flow than do sharp shapes. 

As shown i n  ref-  

Finally, and perhaps 

For these reasons the calculation of the  loca l  heating rates  on such 
shapes has become extremely important. 
summary of present-day techniques and their  effectiveness. T h i s  summary 
together w i t h  the  attached l i s t  of references should be helpful t o  those 
orienting themselves i n  t h i s  fast-changing f i e ld .  

The present paper gives a br ief  
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pressure coefficient CP 
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M Mach number 

P pressure 
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surface.distance measured from stagnation point 

heating rate, Btu/( sec) (sq f t )  

free-stream Reynolds number based on body diameter k, d 

r b  base radius 

rh nose radius or  radius of curvature 

S surface distance f r o m  stagnation point t o  junction of hemisphere 
and cylinder; on f l a t  face, distance from stagnation point t o  
edge, tha t  is, cylinder radius 

T temperature, OF 

X distance along center l i ne  measured from apex of nose 

e angle between f ree  streaan and noma3 t o  surface of nose 

CI- viscosity of a i r  

P density of a i r  

Subscripts : 

HEMIS hemispherical nose 

2 loca l  

W based on temperature of w a l l  surface 

0 a t  stagnation point 

m f ree  stream 
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DISCUSSION 

Calculation of Local Flow Conditions 

Before any attempt can be made t o  calculate heat-transfer rates,  
the loca l  flow conditions must be calculated. Blunt noses can be classi-  
f i ed  roughly into two groups: those f o r  which the Newtonian flow concept 
(Cp,z/Cp,o = cos20) i s  applicable and thus fo r  which the loca l  conditions 

can be eas i ly  calculated, and those fo r  which the Newtonian flow concept 
is  not applicable and fo r  which no simple solutions exis t .  

A rough boundary can be fixed between these two groups of nose shapes 
by consideration of a ser ies  of noses having constant r a d i i  of curvature. 
Such a ser ies  i s  i l l u s t r a t ed  i n  figure 1; t h i s  se r ies  progresses from the  
hemispherical nose on the l e f t  t o  the f l a t  nose ( in f in i t e  radius) on the  
r igh t .  The intermediate case fo r  t h i s  ser ies  would be the nose shown i n  
the center - the nose fo r  which, according t o  Newtonian theory, t he  flow 
jus t  before the corner i s  a t  a Mach number of 1. Until s t r i c t e r  c r i t e r i a  
are provided, Newtonian calculations should be checked with experiment 
o r  with a more comprehensive theory for  noses having a radius of curva- 
tu re  a t  the  stagnation point greater than Recently, several  theo- 
r e t i c a l  approaches have been presented t o  the blunt-nose problem. (See 
re fs .  2 t o  5; theories presented i n  r e f s .  4 and 5 may also be found i n  
appendix D of r e f .  6. ) Some of these appear t o  be promising, but more 
experience w i t h  them i s  needed before the i r  general usefulness can be 
determined. 

This paper considers only shapes whose loca l  conditions are  known. 
Experimental data and theoret ical  r e su l t s  are applied t o  the hemispherical 
and the  f la t  noses t o  bring out the following points: 

(1) If the r a t e  of change of velocity a t  the stagnation point i s  
known, the heat-transfer r a t e  a t  t h i s  point can be calculated accurately 
enough for  most engineering purposes. 

(2) With the proper pressure dis t r ibut ion the  laminar heating ra tes  
over the  en t i r e  nose can be calculated sa t i s fac tor i ly ,  and reasonably 
good estimates of the possible turbulent heating rates can be made. 

Prediction of Stagnation-Point Heating Rates 

The prediction of stagnation-point heating rates is  well proved 
fo r  the lower Mach number range and needs demonstration only at the  
higher Mach numbers where r e a l  gas effects  come in to  play. 



In  figure 2 the  r a t io s  of measured stagnation-point heating ra tes  
t o  theoret ical  calculations are presented as functions of free-stream 
Mach number. The t e s t  resu l t s  were obtained from a f l i g h t  of the  Lockheed 
X-17 rocket having a nose defined by the equation r / rb  = (X/*b) 1/3 
( r e f .  6 ) ,  a f la t - face cylinder i n  f ree  f l i gh t  ( r e f .  7), and shock-tube 
experiments performed by Alexander P. Sabol of the  Langley Aero-Physics 
Section fo r  1-inch-diameter spheres. The l i ne  for  the Lockheed data repre- 
sents the Mach number t h e  history f o r  the  f l i gh t ,  the lower portion being 
tha t  f o r  the accelerating par t  of the f l i g h t  and the upper portion repre- 
senting the  decelerating Mach numbers. 
and decelerating values at  any given Mach number i s  probably a measure of 
the  t e s t  accuracy rather  than a r e a l  e f fec t  due t o  the  higher Reynolds 
numbers of the deceleration portion of the  f l i g h t  path. 
data  should be considered as preliminary data. 

The difference between accelerating 

The NACA rocket 

The theoret ical  heating rates f o r  both rockets were calculated by 
the  stagnation-point theory of Fay and Riddell, c i ted  i n  appendix B of 
reference 6, f o r  the  equilibrium boundary layer w i t h  a Prandtl number 
of 0.71 and a Lewis number of 1.4. 
Lees ( r e f .  8) w a s  compared w i t h  the  shock-tube experiments. 
a re  different  because Lees assumes 
boundary layer while Fay and Riddell use an approximately correct varia- 
t ion .  Probstein (ref. 9) notes that, f o r  hypersonic f l i g h t  conditions, 
the  heat-transfer r a t e  f o r  a r e a l i s t i c  variation of 
ary layer is  s ignif icant ly  lower than tha t  calculated from the  approxi- 
mation pp = p+w. 
d i r ec t ly  t o  Lees' calculations, the  l eve l  of the  r a t i o  of the  shock-tube 
experimental values t o  Lees ' calculated values shown i n  f igure 1 would be 
raised t o  somewhere between 1.1 and 1.4. This would not change the general 
conclusion derived from th i s  figure that ,  although the sca t t e r  shown indi- 
cates t ha t  many de ta i l s  of the  heat-transfer processes under these high- 
temperature conditions are s t i l l  unknown, the agreement of these data  
is  close enough so tha t  it can be f e l t  that t h e i r  general nature is 
understood . 

The stagnation-point theory of 

pp = p w h  = Constant 
The theories 

through the 

pp across the bound- 

If F'robstein's conclusions are  assumed t o  apply 

Calculation of Heating Rates Over Entire Nose 

I n  the  calculation of heating ra tes  over t he  en t i r e  nose, the 
stagnation-point heat-transfer ra tes  of the hemispherical noses are  used 
as datum points, and a l l  the  data and calculations are presented as r a t io s  
of these values. 

Figure 3 presents the r a t io s  of l oca l  laminar heating ra tes  on a 
hemispherical nose t o  stagnation heating rates  plot ted as functions of 
posit ion along the  surface of the hemisphere. The t e s t  points are f o r  
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a variety of conditions from Moo = 2 t o  6.8 and free-stream Reynolds 
numbers based on diameter of 1.0 x 106 t o  14.3 x 106. 
and M = 3.9 are presented i n  re f .  10 and data for  M = 6.8 in  r e f .  11. 
The data fo r  M = 2.5 were obtained from a free-f l ight  investigation 
conducted by James J. Buglia a t  the Langley Pi lot less  Aircraft Research 
Station a t  Wallops Island, Va.) 
tr ibutions,  which were calculated by the method of Lees ( re f .  €9, can be 
seen immediately. Corrections by the Probstein theory t o  Lees' stagnation- 
point theory mentioned previously would probably not affect  the r a t io s  gre- 
sented i n  figure 3 .  
of heating rates  does not vary markedly w i t h  Mach number. 

(Data f o r  M = 2 

Good agreement with the theoret ical  dis- 

It is also important t o  notice tha t  the distribution 

Another interesting condition hriicated by the data i n  figure 3 is  the 
extremely high Reynolds number (14.3 x 106) fo r  which laminar flow was 
obtained i n  one f l i gh t  t e s t .  This model, however, was a special  case 
for which extreme pains were taken t o  obtain a mirror  f i n i sh  on the nose 
of the order of 2 microinches - not an ideal  process for  assembly-line 
fabrication. 

S i m i l a r  agreement w i t h  t e s t  resul ts  can be shown fo r  the other 
extreme i n  the ser ies  of nose shapes - the perfectly f l a t  face. I n  f ig-  
ure 4 the loca l  heating rates  were not divided by the f la t - face stagna- 
t i on  heating rates  but by the appropriate hemispherical stagnation heating 
rates .  
values. 
f l a t  face by the method of Lees ( re f .  8); and the dashed l i n e  above it, 
the same r a t i o  calculated by the method of Stine and Wanlass ( r e f .  12) .  
The l a t t e r  calculations d i f f e r  from Lees' because they include a cor- 
rection for  the effect  of pressure gradient. (For the re lat ively l o w  
pressure gradients of the hemisphere, the two methods agree closely.) 
As can be seen from the figure the agreement w i t h  e i ther  theory is  rea- 
sonably good and the uncertainties i n  the measurements do not permit a 
choice between them. 

T h i s  allows a direct  comparison of the f l a t  and hemispherical 
The so l id  l i ne  gives the theoretical  laminar resul ts  for the 

Since the f l a t  nose i s  a shape f o r  which Newtonian f l o w  concepts 
do not work a t  all, a pressure-ratio distribution pz/po 
mentally a t  a Mach number of 2 (see ref'. 13 and theoret ical  work of 
re f .  14) was assumed t o  be constant f o r  a l l  higher Mach numbers and was 
used i n  the theoretical  calculations. The agreement of the data, which 
cover Mach numbers from 2 t o  13.8, indicates that th i s  approximation was 
adequate f o r  th i s  case. (Data f o r  M = 2 are presented i n  re f .  13; data 
f o r  M = 13.8 are presented i n  r e f .  7; and data for  M = 5 were deter- 
mined i n  an investigation of 2-inch flat-face cylinders conducted by 
Morton Cooper in the Mach number 5 axisymmetric blowdown j e t  a t  the 
Langley Gas Dynamics Branch.) 

obtained experi- 
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What i s  gained by the f l a t  face in lower loca l  heating ra tes  i n  
the center i s  l o s t  a t  i t s  edge. However, it must be remembered tha t  high 
loca l  heating ra tes  are not necessarily the c r i t i c a l  points i n  a par t i -  
cular design, as can be shown by the time history of temperature prof i les  
on the front  and side of the f la t - face rocket model on which the heating 
ra tes  a t  a Mach number of 13.8 were obtained. These temperature prof i les  
and a sketch of the nose are presented in  figure 5. The nose was made of 
copper and was three-sixteenths of an inch thick on the front  and one- 
eighth of an inch thick at the sides. The datum points represent the 
temperatures as measured along the front surface and down the side for  
three different times during the high Mach number part  of the f l i gh t .  
A t  the ea r l i e s t  time not much hea%ing has occurred and the temperature 
prof i le  i s  relat ively f l a t .  
t i on  in  the skin can be seen since the highest temperature is reached 
a t  0.82/s i n  sp i t e  of the peak heating which occurs a t  the corner. The 
reason tha t  the sides are able t o  act  as good heat sinks l i e s  i n  the i r  
extremely l o w  heating rates .  
two side thermocouples are shown in figure 4. 
model has slowed down t o  a Mach number of 7, and the l a t e r a l  flow of 
heat i n  the skin w a s  so large tha t  the maximum temperature of the f l i g h t  
occurred i n  the center of the model - not a t  the corners. T h i s  is, of 
course, only an example but it does show tha t  a f a i r l y  detailed study 
of the particular nose m u s t  be made i f  i t s  effectiveness i s  t o  be evalu- 
ated correctly. 

.. 

A t  peak Mach number the effects  of conduc- 

Measurements of these rates  for  the f i r s t  
Seven seconds l a t e r ,  the 

There are some indications ( for  example, re f .  1) tha t  f l a t  noses 
o r  closely a l l i ed  shapes may have some advantages in retaining l a m i n a r  
flow, and, as is  shown, on a hemispherical nose t h i s  retention can be 
very important since turbulent heating rates  can be very high. In  f ig-  
ure 6 the ra t ios  of local  heating rates  t o  stagnation heating rates  are 
presented as functions of surface location. The t e s t  points were deter- 
mined f r o m  an investigation conducted by Ivan E. Beckwith and James J. 
Gallagher i n  a blowdown j e t  a t  the Langley G a s  Dynamics Branch. 
t h i s  investigation a Mach number of 2 and free-stream Reynolds num- 
bers (based on body diameter) of 2.7 x 106 and 3.4 x 106 were used. 
Transition obviously took place forward on the hemisphere for  both t e s t s  

and heating rates  nearly 2- times the stagnation r a t e  were reached. The 

so l id  l ine  represents f la t -p la te  turbulent values based on the loca l  
Reynolds numbers around the body. T h i s  comparison and similar compasi- 
sons f r o m  other t e s t s  indicates that even t h i s  re la t ively crude theoreti-  
ca l  approach may have considerable value in estimating the turbulent 
heating rates .  
r e f .  16 may a lso  be found i n  appendix C of r e f .  6.) 

For 

1 
2 

(See a l so  re fs .  15 and 16. The theoret ical  approach of 
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CONCLUDING REMARKS 

The calculation of the loca l  heating conditions over noses of high 
radius of curvature needs more investigation a t  the present time, although 
data obtained in  low Mach number t e s t s  may be adequate at much higher Mach 
numbers f o r  use i n  these calculations. However, i f  the loca l  conditions 
are known, the laminar heating rates  over the whole nose shape can be 
calculated within most engineering accuracy requirements fo r  the whole 
range of Mach numbers up t o  a t  l ea s t  13.8. 

For turbulent f l o w ,  f la t -plate  theory may provide good estimates 
of the heating rates  possible. 
s t i l l  remains and is  the biggest unknown at the present time. 

O f  course, the prediction of t rans i t ion  
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LAMINAR HEATING RATES ON HEMISPHERICAL NOSES 
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LAMINAR HEATING RATES ON A FLAT-FACE CYLINDER 
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