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SUMMARY

An airfoil shape is proposed for delaying, at the usuasl cruise lift condi-
tions, the subsonic drag rise well beyond the critical Mach number. The shape
has a slot between the upper and lower surfaces near the trailing edge to delay
shock-induced separation on both surfaces and incorporstes negative camber
ahead of the slot with substantial positive camber rearward of the slot to
reduce shock losses. Wind-tunnel results obtained at Mach numbers from 0.65
to 0.80 for two-dimensional models of a 13.5-percent-thick airfoil of the pro-
posed shape and an NACA 64A-series airfoil, used as a base of reference, indi-
cate that for the design-section normal-force coefficient of 0.65 the proposed
shape has a drag rise at a Mech number of 0.79 compared with a drag-rise Mach
number of 0.67 for the NACA 64A-series airfoil. The drag at a Mach number just
less than that of drag rise for the proposed airfoil is due almost entirely to
skin friction and is approximetely 10 percent greater than that for the 64A-
series airfoil. The section pitching-moment coefficient for the proposed shape
is substantially more negative than that for conventional airfoils. The pro-
posed airfoil shape also significantly increases the stall section normal-force
coefficient at high subsonic speeds.

INTRODUCTION

It is generally recognized that the operating economics of aircraft
intended to cruise at high subsonic speeds can usually be substantially im-
proved by delaying the drag rise associated with the development of local super-
sonic flow on the upper surface of the wing. Numerous methods have been pro-
posed to postpone this drag rise. (See ref. 1.) The fundamental approach for
a number of such techniques has been to delay the onset of effective supersonic
Mach numbers, that is, to delay the critical Mach number. Among these methods
are the use of thinner airfoil sections, sweepback, and asrea ruling, including
antishock bodies. Another approach has been to eliminate shock-induced separa-
tion even with local supersonic flow present, that is, at supercritical Mach
numbers. Techniques to accomplish the latter approach include special camber
distributions, vortex generators, and the injection of high-energy air into the
boundary layer near the shock wave. Fach of the methods of both approaches has
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certain inherent disadvantages which offset partially or wholly the favorable
actions of the system; for example, sweepback reduces the aerodynamic aspect
ratio for a glven structural aspect ratio, decreases the usable 1ift coefficient
at landing conditions, and may lead to the well-known pltch-up condition, while
boundary-layer injection requires an additional input of energy and a complex
pPiping arrangement. For this latter system, the magnitude of these disadvan-
tages has precluded its use on an actual airplane.

In the technique described hereln, the objective has been to delay the
drag rise for the usual cruise 1ift conditlons well beyond the critical Mach
number by specially shaping the alrfoll, including the insertion of a slot
between the lower and upper surfaces. This airfoil modification should delay
drag rise by a substantially greater increment than the previously proposed
shape changes. Further, the proposed method should have a number of advantages
over the various previous techniques for delaying drag rise. The present paper
includes a discussion of the aerodynamic factors involved in the proposed
approach with substantiating results obtained for two-dimensional airfoll models
in the Langley 8-foot transonic pressure tunnel.

Experimental results have been obtalned for a number of variations of the
proposed airfoll. However, to expedite publication, the major portion of the
results presented herein has been limited to those for the most successful
configuration. For this particular configuration, experimental results were
.obtained only at near-design conditions. To provide an indication of the gen-
eral effect of the proposed concept at off-design conditions, results are
included for a configuration which differed somewhat from the most successful
version in both shape and the transition-strip arrangement.
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pressure coefficient, (

pressure coefficient corresponding to local Mach number of 1.0

chord of airfoil, in. (cm)
Mach number

local static pressure at a point on the airfoil, 1b/ft@
(newton /meter?)

static pressure 1n undisturbed stream, lb/ft2 (newton/meterQ)

total-pressure loss, 1b/ft2 (newton/meter2)

dynamic pressure in undisturbed stream, 1b/ft2 (newton/meter?)
airfoil thickness, in. (cm)
velocity in undisturbed stream, ft/sec (meter/second)

ordinate along airfoil reference line measured from airfoll leading
edge, in. (em) unless otherwise stated

ordinate vertical to airfoil reference line, in. (cm) unless other-
wise stated

vertical distance in wake profile, in. (cm)

angle of attack of airfoil reference line, deg

lower surface

upper surface

BASIC CONCEPTS

It 1s well known that at even moderate supercrltical Mach numbers, a broad
local reglon of supersonic flow extends vertically from an airfoll. (See
fig. 1.) This region is usually terminated by a shock wave which, of course,
directly causes an energy loss and thus & drag increase. More importantly, the
shock produces a positive pressure gradient at the surface of the airfoil which
may be sufficiently great to cause separation of the boundary layer with an
assoclated large drag increase. At lifting conditions, supercritical flow
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usually develops first on the upper surface. However, such a flow also occurs
on the lower surface at higher Mach numbers.

For the airfoil shape proposed herein (fig. 2(a)), a slot between the
upper and lower surface is intended to reduce the possibility of shock-induced
gseparation on both surfaces while negative camber on the forward portion of the
airfoil with substantial positive camber in the rearward part is intended to
reduce the shock-wave losses above the upper surface. The rationale leading to
this shape 1s summarized briefly in this section.

Throughout the paper, this proposed airfoil shape will be referred to as
the supercritical airfoil. The portions of the shape forward of and rearward
of the slot will be called the fore and aft components, respectively.

Reduction of Tendency Toward Boundary-Layer Separation

Upper surface.- Fundamentally, shock-induced separation occurs initially
on an airfoil because the low-momentum boundary layer cannot traverse the pres-
sure rilse through the shock wave superimposed on the subcritical pressure
recovery (fig. 1). 1In the present approach, the slot introduces stream energy
air under the upper-surface boundary layer at an intermediate point of the com-
bined pressure rise. With such an arrangement, the boundary layer on the upper
surface of the fore component moves through the part of the pressure rise ahead
of the slot exit in the normal manner, then, with the boundary layer of the
lower surface of the fore component, traverses the remaining rise behind the
slot as an unconfined wake. Thebry and experiment have shown that the rate of
momentum transfer in a wake is substantially greater than in a turbulent bound-
ary layer. As a result, for the present device, the energy of the wake at the
end of the pressure rise over the aft component is substantially increased, and
the wake can traverse a total pressure rise without reversal significantly
greater than could a confined boundary layer. Also, with the shock wave ahead
of the slot, the tendency toward separation for the new boundary layer on the
aft component, in the part of the pressure rise on that component, can be made
relatively low if this aft component is shaped to provide a pressure rise of
reasonable slope.

When the shock moves rearward of the slot exlit, the boundary layer on the
aft component is required to traverse the complete pressure rise of the system.
For such a condition, the tendency for this boundary layer to separate is
greatly Increased.

The action of the proposed device should bé quite similar to that of the
slot used in combination with a flap to achieve greater low-speed 1ift without
separatlion. Also, the effect of the slot should be the same as that of
injecting high-energy air under the boundary layer as previously investigated.
(See ref. 1.) However, with the presently proposed method, the effect would be
accomplished without the need for additicnal energy or complex ducting.

Lower surface.- With the possible delay of the onset of shock-induced
boundary-layer separation on the upper surface provided by the action of the
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slot, the initial development of such separation may occur on the lower surface,
particularly for an airfoll incorporating the shape changes intended to reduce
shock losses, as described in the next section. '

Interposition of the slot entrance at an intermediate point in the pres-
sure rise along the aft portion of the lower surface should reduce the tendency
toward boundary-layer separation on that surface through an action closely
related to the proposed effect of the slot on the upper-surface flow. With
such an arrangement, the boundary layer on the fore component is required to
traverse only the part of the pressure rise ahead of the slot entrance before
moving Into the slot where a decreasing favorable pressure gradient can be pro-
vlided because of the diminished pressure at the exit of the slot. Further, the
tendency toward separation for the new boundary layer on the aft component in
the part of the pressure rise on that surface should be very low.

The effect of the slot on the lower-surface boundary-layer flow should be
similar to that of boundary-layer suction previously investigated (ref. 1).
Again, for the present airfoil, the action would be accomplished without the
need for additional energy or complex ducting.

Reduction of Shock Losses

At the usual cruise lift coefficlents and for Mach numbers below the prob-
able final abrupt drag rise of the proposed supercritical airfoil, the losses
assoclated with any shock wave below the lower surface should be relatively
small. Therefore, for the present case, the primary concern has been to reduce
shock losses above the upper surface.

Modification of camber distribution.- If shock-induced separation is elim-
inated, the shock wave moves rearward with a usual increage in the Mach number
ahead of the shock and an increase in the vertical extent of the wave. As a
result, the energy losses assoclated with the shock increase substantially.
While the resulting increase in drag 1s usually significantly less than that
due to separation, for an airplane intended to cruise at subsonic speeds any
increase is undesirable.

Obviously, the shock losses can be diminished by reducing the vertical
extent of the supersonic region and the terminating shock wave and diminishing
the supersonic Mach numbers ahead of the wave. The accomplishment of such an
objective also retards the rearward movement of the shock with increasing free-
stream Mach number and this, with the presently proposed arrangement, delays
the Mach number at which the shock moves aft of the slot exit with an associated
large increase in the tendency toward separation on the upper surface of the
aft component. These effects can be accomplished by reducing the curvature and
slope of the upper surface ahead of the shock.

The reduction in camber associsted with a diminished curvature of the upper
surface, of course, results in a reduction of the lift carried by the middle
region of the airfoil. This lift must be recovered elsewhere. A part of the
additional 1ift required can be achieved by increasing the load carried by the

(I 5



forward region of the fore component through an increase of the incidence of
that region as described in reference 1. However, such a change leads to
adverse effects at off-design, high-1ift conditions so that its application for
the design condition must be limited. In the present approach, the major part
of the required additional 1ift is carried on the region of the airfoil behind
the shock position, particularly on the lower surface. The increase of 1ift in
this area is achieved by substantial positive camber and incldence of the aft
region of the airfoil, especlally of the lower surface.

The favorable effects on the drag rise of more negative camber in the
forward region of the airfoll or more positive camber on the rearward portion
have been noted by several previous investigators. (See ref. 1, for example.)

Influence of the slot.- The use of the camber changes to reduce shock
losses as previously described results in substantial increases in the tendency
toward boundary-layer separation on both the upper and lower surfaces. On the
upper surface, the pressure-recovery gradient is increased near the trailing
cdge. On the lower surface, the induced velocities in the middle region of the
surface are increased with a resulting earlier development of a region of super-
sonic flow and an associated shock wave. Also, the pressure-recovery gradient
on the lower surface is exaggerated in the region of the reflex of the camber
modification. Obviously, these adverse effects limit the magnitude of the
camber modifications which may be incorporated without causing undesirable sep-
aration on the airfoil.

The effects of the slot should significantly reduce these increased tend-
encies toward separation associated with the camber modifications. As a result,
the presence of the slot should allow an increase in the magnitude of these mod-
ifications that can be utilized without the development of separation.

DEVELOPMENT OF DETAILED SHAFPE

Several groups in this country are now developing procedures based on the
characteristics method for defining airfoil shapes to achieve desired pressure
distributions for the condition of interest here, that is, for subsonic stream
Mach numbers but with a large region of supersonlc flow present. However, at
the present time, none of the work has fully accomplished this objective. In
the present approach, the detailed shape of the airfoil was arrived at on the
basis of intuitive reasoning and substantiating experiment.

In the detailed shaping of the airfoil the objectives have been: first,
to eliminate boundary-layer separation on both the upper and lower surfaces at
the design-section normasl-force coefficient for Mach numbers below that at
which the shock above the upper surface moves rearward of the slot exit; second,
to delay to the highest Mach number possible this:movement of the shock rearward
of the slot exit which, as preliminary experiments indicate, causes an abrupt,
uncontrollable drag rise; third, to reduce the shock losses above the upper
surface to a minimum at a Mach number just below that of the abrupt drag rise;
fourth, to provide satisfactory characteristics at off-design conditions; and

6 I



finally, to minimize the added skin-friction losses of the proposed airfoil.
Since the general shape changes required to achieve various objectives are, in
several Instances, directly contradilctory, the total shape must be a compromise.

Fore Component

Upper surface.- The tendency toward boundary-layer separation on the upper
surface of the fore component at supercritical conditions should be minimized
by limiting the pressure rise on this surface to approximately that of the
shock wave. (See fig. 1.) This effect is accomplished by providing a rela-
tively small surface slope in the rearward part of the upper surface of the
fore component and incorporating the proper curvature in this region of the
fore component and the upper surface of the aft component.

Considerable experimental research has been performed by several groups
(ref. 1, for example) to develop airfoil shapes which achieve reduced strength
of the upper-surface shock wave at lifting conditions for Mach numbers at which
the shock wave is gbove the forward region of the airfoil. However, for the
condlition selected to minimize the shock losses of the present configuration,
that is, at a Mach number Jjust below the abrupt drag rise, the shock wave will
be well rearward on the fore component, normally just ahead of the slot exit.
Thus, the results of the previous work, while helpful in providing certain
insights, are not directly applicable to determining the most satisfactory
upper-surface shape for the proposed supercritical airfoll.

For the present configuration, the extent of the shock wave has been
reduced primarily by shaping the upper surface of the fore component to pro-
vide a local supersonic field similar in shape to that shown in figure 1.

This field expands to a maximum above the middle region of the fore component
and then contracts between this region and the shock wave. An excessively

rapid rate of contraction of the supersonic field results in a close concentra-
tion of positive disturbances near the surface. These may converge with a
resulting increase in the strength of the remaining shock wave, particularly at
off-design conditions. Thus, the contraction must be limited to a reasonably
noncritical rate. Further reduction of the extent of the shock must be accom-
plished by shaping the airfoil to provide a reduced maximum extent of the super-
sonic field. Also, the losses in the wave can be diminished by reducing the
Mach numbers near the surface just ahead of the shock wave. These several
objectives have been achieved by the use of relatively small, roughly uniform,
surface curvature and near zero mean slope for a broad region extending from
somewhat rearward of the leading edge (approximately 0.15c) to the probable
shock position (approximately 0.75c). The crest line, or maximum vertical pen=-
etration of the surface, is near the middle of this region (approximately 0.45c).

As noted in the preceding section entitled 'Basic Concepts," these shape
changes should also delay to higher Mach numbers the movement of the shock wave
rearward of the slot exit.

The curvature of the upper surface of the fore component of the airfoill of
figure 2(a) is greater than that required to obtain the maximum reduction of

I 7



shock losses and retardation of the rearward movement of the shock wave. This
greater than optimum curvature has been incorporated arbitrarily in order to
limit the curvature of the lower surface of the fore component with 1lts associ-
ated adverse effect on the tendency toward boundary-layer separation.

For the configuration shown in figure 2(a), the shape of the extreme for-
ward part of the fore component has been designed to minimize the induced-
pressure peaks at subcritical high-lift conditions.

Lower surface.- The preliminary experiments of this program have indicated
that the onset of boundary-layer separation on the lower surface of the fore
component destroys the effectiveness of the slot in controlling separation on
the upper surface with a resulting severe loss in 1lift. Therefore, it is
imperative that such separation be delayed to a Mach number higher than that
for the abrupt drag rise associated with movement of the upper-surface shock
rearward of the slot exit. While the action of the slot substantially reduces
the tendency toward separation, additional refinements must be incorporated in
the shape of this surface to allow the use of substantial negative camber in
the fore component and still assure the required delay of separation.

To reduce the magnitude of the maximum induced velocities on the lower
surface of the fore component and thus delay the onset of supereritical flow
and the associated shock wave, this surface should be shaped to provide an
extensive region of roughly constant induced negative pressure similar to that
on the NACA 16-series airfoil.

To reduce the tendency toward separation of the boundary layer in the
pressure-recovery reglon along the aft portion of the lower surface of the fore
component, the magnitude of this recovery should be minimized to that required
to reach the pressure at the entrance to the slot, that is, by eliminating any
overcompression. (See fig. 1.) To provide such a limited pressure rise in the
presence of the large positive pressures associated with the aft component
requires a substantial convex curvature of the surface simllar to that shown in
figure 2(a).

't Component

Upper surface.- For relatively high design 1lift coefficients, at least,
the most effective airfoil shape should probably be achieved by designing the
aft component to produce the greatest increment in lift within the limitation
imposed by boundary-layer separation on the upper surface of this component and
the requirement for structural integrity. Results of the preliminary unreported
experiments of this program indicate that boundary-layer separation on the
upper surface can be avoided if the upper surface is shaped to provide a rea-
sonable pressure recovery and to produce no more than slightly supersonic
veloclties above the wake of the fore component. However, the flow below the
wake may be substantially supersonic without the onset of separation.

Lower surface.- The magnitude of the camber and incidence incorporated in
the lower surface of the aft component is obviously limited by the required
thickness of thls component.
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Substantial positive camber must be incorporated in the forward region of
the aft component to prevent a local negative pressure peak on the upper sur-
face of this component near the leading edge. Further it is believed that the
leading-edge radius of the aft component should be relatively small to reduce
the adverse influence of the radius on the pressure recovery on the lower sur-
face of the fore component. However, no systematic results have been obtalned
to determine the optimum radius. The size shown in figure 2(a) was chosen
arbitrarily.

Slot

Width.~ For maximum effectiveness of the slot flow, the slot exit should
be sufficiently wide so that stream energy air is present under the fore com-
ponent wake along the entire length of the upper surface of the aft component.
However, excessive width requires an unnecessarily long slot to provide the
desired normal pressure gradient in the slot. (See section on "Curvature.")
The width of the slot utilized in the airfoil of figure 2(a) was selected so
that the wake of the fore component and the boundary layer of the aft component
merge at approximately the trailing edge of the configuraticon. This width is
roughly twice that of the fore-component lower-surface boundary-layer thickness
at the exit of the slot. Only the width shown was investigated during the pre-
liminary investigations of this program. However, moderate variations of the
width from that shown should have little influence on the effectiveness of the
slot.

For the high subsonic Mach numbers under consideration, the flow is choked
at the exit of the slot. Further, to minimize the pressure rise on the lower
surface of the fore component ahead of the slot, the mean velocity of the flow
entering the slot should be substantially greater than the stream value, and,
ideally, the entering flow at this point should approach a choked condition.

It follows that the slot width at the entrance should very closely approach that
at the exit. For the configuration shown in figure 2(&), the area variation was
6 percent. Results from previous phases of the investigation indicate that
changes of this variation to 4 and 8 percent had little effect on the effec-
tiveness of the slot. To assure that the flow chokes at the exit rather than

at an intermediate point with resulting adverse effects on the operation of the
~slot, the variation of slot width with length must be carefully controlled with
corrections applied for the growth of the boundary layer on both surfaces of
the slot.

Curvature.- To reduce the added skin-friction losses of the slot to a min-
1mum, the slot should obviously be as short as possible. Since the length of
the slot is primarily an inverse function of its curvature, the curvature should
be as severe as possible. However, increasing this curvature exaggerates the
velocity gradient across the slot with a resulting adverse increase of Mach
number on the lower surface of the slot and an undesirable decrease of Mach num-
ber on the upper surface. The curvature obviocusly must be a compromise. The
exploratory experiments indicate that the curvature chosen provides a reason-
able veloclty gradient across the slot.
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To allow changes in the incidence of the aft component with minimum
changes of the longitudinal variation of slot area, during the experimental
development, the major part of the upper surface of the slot has been made a
circular arc with the pivot for changing the incidence of the aft component
near the center of this arc. ©Such a construction might also be advantageous on
an actual wing in fllght. The use of thils circular-arc shape also simplified
construction. The desired velocity distribution through the slot has been
achieved by properly shaping the lower surface of the slot.

The abrupt reduction of curvature of the stream tube from the slot in the
region rearward of the slot (fig. 2(a)) could lead to strong adverse pressure
gradients, possibly shock waves, in the flow. To reduce the possibility of such
effects, the curvature of the slot has been reduced near the exit over a region
extending roughly 1 percent of the airfoil chord forward of the slot exit.

To reduce base drag, the trailing edge of the fore component at the slot
exit has been made relatively thin, approximately 0.0006c. Because of the
required reduced curvature of the slot upper surface In this region, as
described previously, the fore component is thin over an appreciable distance
forward of the slot exit. However, the minimum ratio of the local thickness to
the length measured forward from the exit is about 0.08, a value which should
be structurally feasible.

Selection of Design Conditions

An airfoil-thickness ratio of 0.135 was selected for the model used in the
experimental development of the supercritical alrfoil. This ratio is somewhat
greater than that presently utilized on subsonic aircraft intended to fly near
the drag rise. The delay in drag rise provided by the proposed approach should
allow the use of larger thickness ratios, which, of course, will provide for
either increased aspect ratio or reduction in structural weight.

The airfoil described herein has been designed for a 1ift coefficient of
approximately 0.65. This value is substantially higher than the cruise lift
coefficient of most high-subsonic-speed aircraft. The higher value was selected
in anticipation that the airfoil would be used on sweptback wings. It is a
well-known fact that the effective section of such wings is perpendicular to
the swept spanwise elements of the wing. The effective dynamic pressure, acting
on these airfoils, is less than the stream value by a function of the square of
the cosine of the sweep angle. Therefore, the sections for such wings must be
deslgned for a lift coefficient increased by this ratio. Further, the increased
aspect ratio that this concept may allow will require higher 1ift coefficients
for maximum lift-to-drag ratios.

It should be emphasized that the shape shown in figure 2(a) is not neces-
sarily the optimum shape for this thickness ratio and 1ift coefficlent but 1s
merely the shape found to be best at this particular point in the development
of the concept. Further, substantial modifications of the shape may be required
when 1t 1s applied to actual aircraft to achieve the most satisfactory overall
design.
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EXPERIMENTS

Apparatus and Measurements

Wind tunnel.- The investigation was performed in the Langley 8-foot tran-
sonic pressure tunnel. This faclility is well suited to the investigation of
two-dimensional models since it has solld side walls and slots in the upper
and lower walls. With such an arrangement, the side walls act as end plates
for a two-dimensional model while the slots allow a development of the flow
field in the vertical direction approaching that for free air (ref. 2). For
the present research, the opening of the slots was lncreased from that normally
used for transonic testing to reduce the energy losses associated with the
induced flow through the slots. The opening at the position of the model was
approximately 15 percent of the upper and lower surface walls. The normal
opening is about 5 percent.

Models.- Two models, which completely spanned the width of the tunnel
(figs. 5 and 4), were investigated: one incorporated the 13.5-percent-thick
supercritical airfoil shape; the other, intended to provide a base of refer-
ence, embodied an NACA 64,A215 airfoil section. The shapes of these airfoils

are shown in figure 2. Ordinates are presented in tables I to IV. The results
presented herein for the supereritical airfoil for angles of attack of 0° and 1°
were obtained with the shape for which the ordinates are presented in tables I,
IT, and III. However, for the results presented for -1° and 5° , the shape dlf-
fered slightly from that given by the ordinates. Both models were originally
constructed with a chord of 18 inches (45.72 cm); however, as a result of modi-
fications, the supercritical airfoil for which results are presented herein has
a chord of 19.9 inches (50.55 cm). A reference chord of 20.0 inches (50.8 cm)
has been used in reducing the data presented herein for the supercritical
airfoil.

In order to achieve minimum deflections of the models at the center of the
tunnel, both models are constructed of steel and attached rigidly to the tunnel
walls. The plates extending beyond the airfoll lower surface at the wind-tunnel
wall, as shown in figures 3 and 4, are a required part of the model attachment.
It is believed that the disturbances produced by these protuberances had little
influence on the measurements made at the tunnel center line. The angle of
attack of the model was changed manually by rotating the model about the pivots
shown in figure 3. Both models were investigated in an inverted position.

For the supercritical alrfoil, the aft component is attached to the fore
component by a series of six strut combinations, as shown in figure 5. These
arrangements allow vertical or longitudinal movement and changes of the angle
of incidence of the aft component with respect to the fore component. The
pivot about which the angle of incidence is changed was located at the approxi-
mate center of the curvature of the surface of the slot. The struts attached
to the fore component of the airfoil are streamline in shape to reduce the
interference of the struts with the boundary layer on the fore component.

Other parts of this arrangement were designed for simplicity rather than aero-
dynamic cleanness. The long vertical extensions of the struts attached to the
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fore component as shown in figures 3 and 4 fulfill no function for the tests
described herein but are required parts of the supports for nacelles used in an
investigation of airfoil-nacelle interference.

The results presented herein for the supercritical airfoil at angles of
attack of 0° and 1° were cbtained with transition strips of No. 150 carborundum
placed on the upper and lower surface of the fore component at 8 percent of the
total chord from the leading edge. However, for several reasons, the transi-
tion slize and location used during earlier phases of the investigation differed
from these conditions. On the configuration for which results are presented
herein for angles of attack of -1° and 39, strips of No. 100 carborundum were
placed at the B-percent chord station on the upper surface and at the 40-percent-

_chord station on the lower surface. On the NACA 64,A215, strips of No. 100

carborundum were placed at the 40-percent-chord station on both surfaces. The

results have been adjusted for these differences by the procedures described in
.the section entitled "Adjustment of Results." The flow visualizations clearly

indicate transition at the strips for all test conditions.

Surface pressure measurements.- The 1ift and pitching-moment forces acting
on the airfoils were obtained from surface pressure measurements. For the
supercritical airfoil, surface pressures were measured wlth orifices located in
two chordwlse rows at spanwlse stations 0.075¢c and 0.425¢ from the center line
of the tunnel. The row 0.425¢ from the center line was approximately 0.070c
from a strut. The chordwise locations of the orifices are presented in table V.
As indicated in the table, for the row 0.075c from the center line, the orifices
were concentrated along the rearward region of the airfoil, while in the row
0.425¢ from the center line the orifices were concentrated along the forward
part of the airfoil. The second row of orifices 0.425c¢c from the center line,
as well as thls special distribution, were required for the investigation of
airfoil-nacelle interference. The second row of orifices also provided an
indication of the interference of the struts on the flow about the airfoil.

The chordwise location of the orifices on the NACA 645A215 airfoil are given in

table VI.

Pressureg were measured with the use of two electronically actuated
pressure-scanning-valve units placed in the model near the tunnel walls. The
maximum range of the gages in the valves was *10 1b/in.2 (68 947 newtons/meter2).
To reduce the interference of the orifices on the surface air flow, the diam-
eter of the orifices was made as small as possible, approximately 0.0l inch
(0.025 cm).

Wake measurements.- The drag forces acting on the airfolls were derived
from vertical variatlions of the wake total and static pressures measured with
the rake shown in figures 3 and 4. The measurement station of the rake was
18 inches (45.72 cm) rearward of the trailing edge of the airfoil. To reduce
any errors in the wake measurements assoclated with dilsturbances produced by
the surface pressure orifices, the rake was displaced laterally 0.05c¢ from the
tunnel center line or 0.125c¢ from the center row of orifices as shown in fig-
ure 3. The total-pressure tubes were spaced approximately 0.45 percent of the
airfoil chord apart in the region of the wake associated with skin-friction
boundary losses. In this area, these tubes were flattened horizontally.




Outside this region, the tube spacing progressively widened. 1In the region
where only shock losses were expected, the total-pressure tubes were approxi-
mately 10 percent of the chord apart. The rake extended approximately one
chord length above the center of the wake and l/} chord below. The static
pressure tubes were distributed as shown in figure 3. The rake was attached to
the conventional sting mount of the Langley 8-foot transonic pressure tunnel.
During the investigation, the rake was moved vertically to center the close
concentration of tubes on the boundary-layer wake.

The total-head and static pressures were measured with the use of elec-
tronically actuated pressure scanning valves. The maximum range of the gage in
the valve connected to total-head tubes intended to measure losses in the
boundary-layer wake was 5 1b/in.2 (34 W74 newtons/meter2); the corresponding
range for measuring shock losses was 1 1b/in.2 (6894 newtons/meter?), while
that for the static pressures was 1 lb/in.2 (6895 newtons/meterz).

Flow visuallzatlon.- Schlieren observations were made with the standard
8-foot transonic pressure tunnel schlieren equipment.. Because of the require-
ment of attaching the model to the steel tunnel structure, schlieren observa-
tions could be made only about the rearward part of the airfoils as shown in
figure 3. The knife edges of the system were vertical for all of the schlieren
photographs presented herein. The vertical broken line on the schlieren photo-
graphs is a strip of tape attached to the outer surface of the wind-tunnel wall
window. It provides an obvlous indication of the longitudinal location of the
slot exit. Ahead of the slot exit, the upper surface of the fore component of
the model is fairly closely defined by the blackout region; however, downstream
of the slot exit the blackout region merely results from a thin end fairing
above the aft component.

Surface boundary-layer flow was visualized by the fluorescent oil-film
technique described in reference 3. These observations were made for an
approximately 5-inch (12.7-cm) wide region centered approximately 12 inches
(30.48 cm) from the center line-of the tunnel. The protuberances observed in
the oil-flow photographs of the upper surface of the airfoil are tubes extending
from the trailing edge of the fore component which were used to measure the
total- and statlic-pressure variations in the fore component wake during a pre-
liminary phase of the lnvestlgatlion. These earlier measurements indicated no
tendency toward flow reversal in this region and no measurements were made with
these tubes thereafter.

Reduction of Data and Accuracy

Pressure measurements.- The section normal-force and section pltching-
moment coefficients were first obtained by adding by machine the local pressure
coefficlents measured at each orifice multiplied by an appropriate weightlng
factor. Checks of the accuracy of this method for the supercritical airfoil by
hand integrations of faired plote of the chordwise pressure variations indi-
cated that thls procedure resulted in section normal-force coefficients accu-
rate within 1 percent. Therefore all the normal forces presented herein are
based on the machine summation. However, the same checks indicated that the

I i




sectlon pitching-moment coefficients obtalned by machine summation were in
error by as much as 7 percent primarily because of insufficient number of meas-
urement points near the trailing edge of the airfoil. Therefore, all results
for the supercritical airfoil at the more important 0° and 1° angles of attack
presented herein were determined by hand integration. The check further indi-
cated that the error was little influenced by angle of attack. Therefore the
results obtained by machine for -1° and 3° have been corrected by using the
error increments determined for 0° and 1°. All results presented for the NACA
6UoA215 airfoil were obtained by machine summation.

Wake measurements.- To obtaln section drag coefficients from the total and
static pressures behind the model, polnt drag coefficients for each of the
total-pressure measurements have been computed by using the procedure of refer-
ence 4. These point values have then been summed by machine using appropriate
weighting factors. Because of the special spacing of the total-pressure tubes,
the errors of the results obtained by this procedure are estimated to be less
than 1 percent.

Adjustments of results.- As noted in the section on "Models," the results
presented herein for angles of attack of -1° and 3° were cbtained for a
slightly different airfoil shape and transition location than those for 0°
and 1°. A comparison of the results obtained at 0° and 1° with and without
these differences indicates that they had little effect on the normal-force and
pitching-moment characteristics. However, these variations had substantial
effects on the drag characteristics. As a rough correction, the differences in
drag associated with these effects at 0° and 1° have been applied to the data
for -1° and 3°.

As noted in the section describing the models, the location of the transi-
tion strip for the NACA 6h2A215 airfoll was different than that for the config-

uration of the supercritical alrfoll for which results are presented herein.
The drag characteristics for the NACA 645A215 airfoil presented herein have
been corrected to a condition corresponding to a transition-strip location the
. same as that on the supercritical airfoil. This adjustment has been based on
the increment obtained for the supercritical airfoil with such a similar tran-
sition change. The drag level for the NACA 64,A215 airfoil obtained by this
procedure checks almost exactly the value presented for the same airfoil, cor-
rected for compressibility effeects and transition-strip drag, as presented in
reference 5.

Corrections for wind-tunnel-wall effects.- The major effect of the wind-
tunnel wall on the results presented herein is a substantial up flow at the
position of the inverted model so that the real aerodynamic angle of attack is
significantly less than the geometric angle. The mean value of this up flow at
the midchord of the model, in degrees, as determined by the theory of refer-
ence 2, is 2.68 times the section normal-force coefficlent. For the design
section normal-force coefficient of 0.65, this angle deviation is -1.74°. For
the present investlgation, wherein the lift-drag and pitching-moment charac-
teristics have been obtained by surface pressure and wake measurements, this
deviation has little effect on the validity of these results. It merely causes
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a change of the geometric angle of attack at which a given set of results are
obtained. The angles of attack used in the results presented herein have not
been corrected for this up flow.

The theory of reference 6 indicates that the up flow at the inverted model
increases gradually from the leading to the trailing edge. For the design Llift
coefficient of 0.65 at the optimum Mach number of 0.79, the up flow varied from
1.46 at the leading edge to 2.0% at the trailing edge of the airfoil. The cor-
rected streamline with respect to the airfoil at this condition is shown in
figure 2(&). Since the curvature of this induced streamline is quite small
compared with those of the various surfaces of the airfoils, it probably has
only secondary effects on the characteristics of the models. No corrections
have been applied to the results presented to account for this variation.

The theory of reference 2 indicates that the tunnel-wall-blockage effect
is trivial.

RESULTS AND DISCUSSION

Basic Aercdynamic Characteristics

The variation of sectlon drag coefficient cg, angle of attack o, and
section pitching-moment coefficient about the quarter chord ¢ with section
normal-force coefficient cp at the various test Mach numbere for the super-
critical airfoil and for the NACA 645A215 airfoil, used as a base of reference,
are presented in figures 5 and 6, respectively. (For the relatively low angles
of attack of the supercritical airfoil, ¢, 1is approximately equal to the lift
coefficlent.) Variations of c3q, @, and cp with Mach number for cp values
of 0.50, 0.65, and 0.80 for the two airfoil shapes, obtained by cross plotting
the results of figures 5 and 6, are presented in figure 7. The values obtained
from the cross plots are shown by symbols to indicate in detail the unique var-
iations of the characteristics with Mach number. For the supercritical air-
foil, these cp values correspond gquite closely to actual test values at Mach
numbers just below the abrupt drag rise. These conditions are a = -1° for a
Mach number of 0.78, « = 0° for M =0.79, and a = 1° for M = 0.7f for
the three c¢p values selected. Further, it may be noted that for the super-
eritical airfoil, the variations with Mach number at a cp value of 0.65

extend beyond the range of the data of figure 5. The experimental results used
for this extension were obtained at a single angle of attack of 0°, for which
the c¢p value was almost exactly 0.65 at these Mach numbers.

Design Normal-Force Condition

For a cp value of 0.65, the supercritical airfoil experiences a very

shallow drag rise to a Mach number of 0.78 then a dip in the drag to a Mach
number of 0.79 with an abrupt drag rise beyond this Mach number. (See
fig. 7.) The level of drag at a Mach number of 0.79 is only slightly greater
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than that for the essentially subcritical conditions at M = 0.65. The Mach
number for abrupt drag rise for the supercritical airfoil is approximately
0.12, or 18 percent, higher than the drag rise Mach number of approximately
0.67 estimated for an NACA 64,A213.5 airfoil on the basis of the results pre-

sented in figure 7 for the NACA 64,A215 airfoil.

Drag at the optimum Mach number condition.- Indications of the phenomena
associated with these drag effeects are provided by the pressure distributions
and schlieren photographs of figure 8, the surface oil-flow photographs of fig-
ure 9, and the wake profiles of figure 10. (The scale and longitudinal loca-
tions of the schlieren photographs are compatible with the pressure
distributions.)

A study of these data indicates that the near elimination of drag rise at
a Mach number of 0.79 results not only from a complete elimination of boundary-
layer separation on both the upper and lower surfaces (fig. 9), but also from
an essentially complete elimination of the shock wave (figs. 8(e) and 10). The
pressure distributions of figure 8(e) also indicate a shock-free recompression
of the flow to near sonic conditions at the surface of the fore component just
ahead of the slot.

The elimination of separation for this condition, even though substan-
tially supercritical flow exists on both the upper and lower surface, results
fundamentally and primarily from the actions of the slot as discussed in the
section entitled "Basic Concepts." However, the results of the preliminary
experiments indicate that the supporting special shapings of the airfoil as
deseribed in the section entitled "Development of Detailed Shape" are required
to achieve the final complete elimination of separation shown herein.

The elimination of shock losses was unexpected. The exact nature of the
phenomena leading to this effect is not yet fully understood. However, the
fact that a similar shock-free recompression occurs in the same region of the
airfoil for a Mach number of 0.78, for which condition the flow field ahead of
this region is substantially different, suggests that the effect is not
achieved by a special, longitudinal distribution of the decelerating disturb-
ances, described in reference 1, which originate at the outer boundary of the
forward supersonic region.

An analysis of the surface pressure measurements and schlieren photographs
suggests rather that this shock-free recompression is accomplished by a con-
trolled, forward movement of decelerating disturbances associated with the pres-
sure recovery near the trailing edge of the airfoil. The Mach number at the
airfoil surface just rearward of this region of shock-free recompression is
slightly supersonic. (See fig. 8(e).) Therefore, the aft-originating positive
disturbances cannot move forward near the surface to converge into the usual
shock wave. However, the schlieren photograph of figure 8(e) indicates that the
flow in this same longitudinal region at a moderate distance above the alrfoil
surface (about 0.3 chord) is subsonic so that these disturbances can move for-
ward above the local suypersonlc region near the surface. These disturbances
can then move downward into the supersonic region to decelerate the flow essen-
tially shock free. Results obtained for other slightly different configurations
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indicate that the most important element in obtaining shock-free recompression
is the presence of the slightly supersonic flow just ahead of the slot. When
the Mach number in this reglon is subsonic, shock-free recompression is not
achieved. For such a condition, the aft-orlginating disturbances move directly
forward near the surface to form a shock wave in the usual manner.

The flow on the upper surface of the aft component outside the slot
reaches a maximum Mach number of approximately 1.1, corresponding to a pressure
coefficient of 0.68, but no indication of a shock wave on this surface is pres-
ent. The apparent elimination of the shock in this region is believed to be
due to factors similar to those that cause the same effect above the fore com-
ponent but with the actions exaggerated by the presence of the low-energy wake
of the fore component above this surface.

The drag level at the optimum Mach number is approximately 1C percent
greater than that for the NACA 640A215 at Mach numbers below the drag rise.
(See fig. T(a).) This increment is due primarily to differences in the skin-
frietlon losses for the two configurations; the additional loss is assoclated
with the added wetted area of the slot as well as with the lower Reynolds num-
ber for the boundary-layer flow on the aft component compared with that for the
corresponding region on the reference airfoil.

Drag at Mach numbers below the optimum value.- The surface cil-flow photo-
graphs (fig. 9) indicate no boundary-layer separation on either the upper or
lower surface at any Mach number below the optimum value. The gradual drag
rise at Mach numbers to roughly 0.78 is associated with wave losses (fig. 10)
in the weak shock wave present above the middle region of the upper surface of
the fore component (fig. 8).

Drag rise above the optimum Mach number.- The abrupt drag rise at Mach
numbers above 0.79 1s caused by increased wave losses (fig. 10) and boundary-
layer separation on the upper surface of the aft component associated with a
shock just rearward of the slot exit (fig. 8(g)).

The surface oil-film photographs of figure 9 indicate no significant sepa-
ration on the lower surface of the fore component for Mach numbers to 0.80 in

spite of a substantial increase in the strength of the shock-wave pressure rise
below that surface (fig. 8(g)).

Results obtained for earlier configurations indicate that, when the Mach
number is increased beyond 0.80 for this value of cp, the boundary layer on

the lower surface of the fore compconent finally separates with a resulting sub-
stantial loss of normal force. The usefulnegss of further refinements of the '
shape of the upper surface of the supercritical airfoil to provide an additional
delay of the abrupt drag rise, associated with the movement of the shock rear-
ward of the slot, ls primarily dependent on the achievement of a delay of this
lower-gurface separation to a higher Mach number. The subcritlcal pressure
distribution on the lower surface of the fore component (fig. 8(b)) incorporates
- the long region of nearly constant velocity discussed in the section entitled
"Development of Detailed Shape." A further reduction in strength of the shock
on the lower surface might be accomplished by shaping this surface to provide
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a saddle-back subcritical pressure distribution similar to that achieved for
the upper surface (fig. 8(a)) with a reduced induced pressure near the crest
line for this surface. Also, the measured pressure rise ahead of the slot is
greater than that indicated as most desirable in the section on "Development
of Detailed Shape." Reshaping this surface to provide the desired rise would
be expected to delay the onset of separation.

Pltching moment at optimum Mach number.- At the optimum Mach number for
the supercritical airfoil, M = 0.79, the section pitching-moment coefficient
for this shape is approximately -0.20 compared with a value of approximately
-0.05 for the NACA 6L4pA215 at Mach numbers below the drag rise. (See
fig. T(c).) This very large increase in c¢p is associated primarily with the
- substantial load carried by the aft component. Integration of the pressure
distributions indicates that at this Mach number the normal force on the aft
component is 0.4 of the total. This large pitching moment is inherent in the
design of the supercritical airfoil shape.

Off-Design Normal-Force Conditions

Normal force above design value.- At a cpn value of 0.8, the supercritical
airfoil experiences the same dip in the variation of c¢g with Mach number as
obtained at the design c¢, value of 0.65. (See fig. 7(a).) 1In this case, the
drag dip occurs at a Mach number of approximately O.77. Wake profiles, not
presented, indicate that, as for the design normal-force condition, this dip is
associated with a substantial reduction in the shock loss. The pressure dis-
tributions presented in figure 11 indicate a gradual, apparently shock-free
pressure recovery on the upper surface in a region somewhat forward of that for
which the same recovery occurred at the design condition. Because of the lim-
ited field of observation of the schlieren system described in the section on
"Apparatus and Measurements,” schlleren photographs could not be obtained in
the vicinity of this pressure recovery to elucidate the nature of the flow
field for this region. It may be noted that the surface Mach number rearward
of this region of apparently shock-free recompression is slightly supersonic
(fig. 11) as at the design normal-force condition.

The additional normal force associated with increased angle of attack 1s
centered near the gquarter-chord point of the airfoll at all Mach numbers to
0.77- (See figs. 5(c) and T(c).)

High normal force.- For an angle of attack of 50, the highest test value,
the ¢ wvalues at Mach numbers of 0.65, 0.70, and 0.75 are l.2h, 1.02, and
1.1%, respectively. (See fig. 5.) 1In spite of large abrupt adverse pressure
gradients on the upper surface of the fore component, due to the presence of a
very strong shock wave (fig. 12), the surface oil flows presented in figure 13
indicate that no significant separation occurs on the upper surface for these
conditions. The wake profiles (not presented) indicate that most of the
increase 1n drag associated with increasing the angle of attack to these values
is due to greatly magnified shock losses. Further, the results presented in
figure 5(b) indicate that the slope of the variation of ¢, with o dincreases
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as o 1s increased to 3°. The decrease in cpn at M =0.70 compared with
the values obtained at the lower and higher Mach numbers results from a marked
forward movement of the shock wave for this condition. (See fig. 12.) The
phenomenon associated with this deviation is not understood.

In contrast to these characteristics noted for the supercritical airfoil,
the reference NACA 6L45A215 airfoil experiences a substantial decrease in the

variation of ¢, with o at ¢, values greater than approximately 0.95 for
Mach numbers of 0.65 and 0.67 and at substantially lower ¢, values for the
higher Mach numbers. (See fig. 6(b).) Thus it is apparent that the shape of

the supercritical airfoil, particularly the slot, substantially improves the
high-1ift stall characteristies for high Mach numbers, at least.

Normal force below design value.- The variation of cgq with Mach number
for the supercritical airfoil at ¢y of 0.5 Indlcates a drag rise at a Mach
nunmber of 0.79 (fig. 7(a)). The wake profiles (not presented) indicate that
this drag rise is due, in roughly equal increments, to the onset of shock-
induced separation on the lower surface of the airfoil and to shock losses
above the airfoil. The pressure distributions of figure 14 indicate that these
losses result from the presence of substantial regions of supersonic velocities
on the lower surface of the fore component and on the aft region of the upper

surface. Obviously, the operatlon of the supercritical airfoil is critical
at c¢p values below the design value.

An analysis of the pressure distributions of figure 14 suggests that the
onset of the several adverse effects at this lower off-design normal force could
probably be delayed by reducing the relative angle of the aft component and
recovering the resulting lift loss by a somewhat higher angle of attack. Buch
a change on an actual aircraft would, of course, require providing means for
varying the incidence of the aft component in cruise flight.

CONCLUSIONS

A wind-tunnel investigation has been made at Mach numbers from 0.65 to
0.80 of two-dimensional models of two 13.5-percent-thick airfoils. One, a
supercritical airfoll, is Intended to delay drag rise beyond the critical Mach
number; the other, an NACA 6UA-series section, provides a basis of comparison.
Results of this investigation i1ndicate the following:

1. For a sectlon 1ift coefficlent of 0.65, the design value, the abrupt
drag rise for the supercritical airfoil occurs at a Mach number Jjust above 0.79.
The corresponding drag-rise Mach number for the NACA 64A-series airfoil of the
same thickness ratio is 0.67. The drag at a Mach number just less than that
for drag rlse ls due almost entirely to skin-friction losses. The drag value

at this condition is approximately 10 percent greater than that for the NACA
64A-series airfoil.
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2. The section pitching-moment coefficlent for the supercritical airfoil
shape is substantially more negative than that for more conventional sections.

3. The supercritical airfoil also provides delays in the drag rise at off-
design section 1ift coefficients.

4. The supercritical airfoil provides a substantial increase in the stall
section normal-force coefficients at high subsonlic Mach numbers.

5. The operation of the supercritical airfoil appears most critical at
section normal-force coefficients below the design value.

Langley Research Center,
National Aeronautice and Space Administration,
Langley Station, Hampton, Va., April 20, 1965.
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[ﬁll dimensions in percent chord where c¢ = 20 in. (50.8 cmﬂ

TABLE T.- ORDINATES FOR SUPERCRITICAL AIRFOIL

Fore component

Upper. surface

Lower surface

Aft component

Upper surface

Lower surface

X 2 b4 z
0 4,725 0 4. 725
.25 | 5.525 .25 L.050
.50 | 5.875 .50 3.750
.75 | 6.140 75 3.450
1.00 | 6.375 1.00 3.200
2.50 | T.350 2.50 2.225
3.75 | T7.825 3.75 1.550
5.00 | 8.175 5.00 1.050
7.50 | 8.675 7-50 175
10.00 | 8.975 || 10.00 -.525
12.50 | 9.200 || 12.50 | =1.150
15.00 | 9.375 || 15.00 | -1.675
17.50 | 9.525 || 17.50 | -2.110
20.00 | 9.600 || 20.00 | -2.475
25.00 | 9.775 || 25.00 | -3.000
30.00 | 9.825 || 30.00 | -3.375
35.00 | 9.865 || 35.00 | -3.575
Lo.0o | 9.865 |l 40.00 | -3.610
45.00 | 9.825 || 45.00 | -3.525
50.00 | 9.675 || 50.00 | =3.300
52.50 | 9.575 || 52.50 | -3.125
55.00 | 9.475 || 55.00 | -2.900
57.50 | 9.360 || 57.50 | -2.615
60.00 | 9.225 || 60.00 | -2.250
62.50 | 9.060 || 62.50 | -1.815
65.00 | 8.850 || 65.00 | -1.250
67.50 | 8.650 || 67.50 -.500
70.00 | 8.425 || 70.00 500
T72.50 | 8.200 || 72.50 2.100
75.00 | T7.910 || 73.75 3.425
77.50 | 7.650 || 75.00 4.800
78.75 | 7-500 {| 76.25 5.750
80.00 | 7.325 |l 77.50 6.360
81.25 | 7.175 || 718.75 6.750
83.00 | 6.950 || 80.00 6.940
81.00 7.0k40
82.00 6.975
83.00 6.900

X A X Z
75.30 | L.875 | T75.30 | 1.875
75.50 | 2.575 || 75.50 | 1.865
75.75 | 2.875 || 75.75 | 2.075
76.00 | 3.140 || 76.00 | 2.250
T76.25 | 3.375 || 76.25 | 2.385
76.50 | 3.610 || 76.50 | 2.500
77.00 | 4.000 || 77.00 | 2.650
T7-50 | %.275 || 77.50 | 2.750
78.00 | 4.575 || 78.00 | 2.800
78.75 | 4.860 || 78.75 | 2.775
80.00 | 5.150 || 80.00 | 2.700
8l.25 | 5.25 || 81.25 | 2.575
82.50 | 5.175 || 82.50 | 2.475
83.75 | 5.000 | 83.75 | 2.375
85.00 | 4.800 || 85.00 | 2.250
86.25 | k.575 || 86.25 | 2.125
87.50 | k.325 | 87.50 | 2.000
88.75 | 4.025 || 88.75 | 1.875
90.00 | 3.750 §| 90.00 | 1.750
91.25 | 3.365 | 91.25 | 1.550
92.50 | 2.975 | 92.50 | 1.375
93.75 | 2.500 || 93.75 | 1L.150
95.00 | 2.025 | 95.00 .900
96.25 | 1.500 | 96.25 625
97.50 950 || 97.50 %00
98.75 360 | 98.75 150
99.50 | O 99.50 | 0

L.E. radius: 0.150

L.E. radius: 1.500
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TABLE II.- VARIATION IN WIDTH OF SLOT®
[c = 20 1n. (50.8 ca)]

Station, percent chord Slot width,
from L.E. of airfoll : percent chord
4.0 1.925
4.5 1.860
75:0 1.855
1240 1.855
76.0 1.845
T6.5 L8535
TT.0 1.830
g 2% 1.815
78.0 1.805
78.5 1.800
79.0 1.800
79.5 1.800
80.0 1.800
80.5 1.795
81.0 1.790
81.5 1.770
82.0 1.755
82.5 1.750
83.0 1.750

*Measurements at the stations are taken perpendicular
to the lower surface of the fore component.

TABLE III.- THICKNESS OF THE TRAILING EDGE OF THE FORE COMPONENT

[% = 20 in. (50.8 mmﬂ

Station, percent chord T.E. thickness,

from L.E. of airfoil percent chord
8.5 . 0.910
79.0 . 705
79.5 « 525
80.0 .385
80.5 .260
81.0 .165
81.5 s
82.0 .080
82.5 : .060
83.0 .050




TABLE IV.- ORDINATES FOR NACA 645A215 ATIRFOIL

[%ll dimensions in percent chord where ¢

= 18 in. (45.72 mmﬂ

Upper surface Lower surface

X z 2 Z

0 0 0 0
.388 1.243 612 -1.131
624 1.509 .876 -1.351
1.107 1.9%0 1.393 -1.688
2.333 2.713 2.667 -2.291
4.811 3.833 5.189 ~3.111
730k 4.683 7.696 -5.711
9.802 5.391L 10.198 -4.199
14.811 6.510 15.189 -4.9L8
19.827 7351 20.173 -5.491
24,849 7.975 25.151 -5.873
29.875 8.417 30.125 -6.121
34,903 8.686 35.097 -6.238
39.933 8.766 Lo.067 -6.208
L. 963 8.627 45.037 -5.999
49.992 8.308 50.008 -5.648
55.018 7.843 54.982 -5.191
60.042 7.258 59.958 -4 ,654
65.063 6.566 64.937 -k.,0%
70.079 5.782 69.921 -3.416
75.093 L.926 T4.907 -2.766
80.111 h.oi7 79.889 -2.147
85.109 3.039 8L.891 -1.597
90.076 2.0L6 B9. 92k -1.066
95.039 1.039 9k. 961 -.549
100.000 .032 100.000 -.032

L.E. radius: 1.561
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TABLE V.- ORIFICE LOCATIONS ON THE SUPERCRITICAL ATRFOILL

[}ll dimensicns in percent chord from L.E. of alrfoil
where c¢ = 20 in. (50.8 cmﬂ

Orifice row at 0.075¢c
from airfoil center line

Orifice row at 0.425c
from airfoil center line

Upper surface Lower surface Upper surface Lower' surface
Fore component Fore component
1.0 5.0 1.0 1.0
5.0 10.2 4.0 k.0
10.5 16.0 7.9 7.9
18.2 23.6 11.9 11.9
28.1 32.6 16.4 16.0
38.9 1.6 22.7 20.9
418.8 47.9 29.9 26.3
5.0 53.3 37.1 31.7
61.4 57.8 4,3 AT-1
66.8 61.4 50.6 h2.5
T72.2 65.0 57.8 h7.9
6.7 68.2 66.8 53.3
80.3 70.9 75.8 58.7
73.6 81.7 6.1
75.8 69.5
T7-6 73.6
794 763
81.2 79.0
82.6 81L.7
Aft component Aft component
T3:5 76.1 76.5 76.5
5.6 TT- 4 78.8 79.2
75.8 80.6 8L.5 8h.6
76.1 85.1 8k.2
T7- 4 89.6 87.3
79.2 95.9 92.3
81.0
82.8
8.6
86.9
90.0
93.6




TABLE VI.- ORIFICE LOCATIONS ON THE NACA 6#2A215 ATRFOIL

[ﬁll dimensions in percent chord from L.E. of airfoil
where c¢ =18 in. (45.72 cmﬂ

Orifice location on -
Upper surface Lower surface
0.5 6.5
2.5 2.5
6.0 6.0
Tl 10.5
18.0 16.0
26.0 22.0
33.0 28.0
38.0 34,0
k2.0 4o.0
6.0 L6.0
50.0 52.0
54.0 58.0
585 64.0
6l4.0 70.0
70.0 76.0
76.0 82.0
82.0 88.0
88.0 9k.0
ok.0o 98.5

98.5
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Supersonic flow

Possible shock wave

/Shock wave

Separated boundary layer
Mixing wake

Shock wave

Flow fields

Upper surface
Fore component
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Cp ///’\\ H\““-,_\\ /

f/ Lower surface / B
[
l i Aft component —/' 4

Surface pressure distributions
NACA 64A-series airfoil,M=0.69 Supercritical airfoil ,M=0.79

Figure 1.- Schematic illustration of supercritical phenomens at cruise 1ift conditions.
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(a) Front view.

Figure L.~ Photograph of apparatus.
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(t) Rear view.

Figure 4.~ Concluded.
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