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ABSTRACT

The results of the twelve month study for the NASA/Marshall Space Flight Center
by the Charles Stark Draper Laboratory Division of MIT are reported.

This work develops a failure detection and isolation philosophy applicable to multiple
"off-the-shelf'" gimbaled IMUs. The equations developed are implemented and
evaluated with actual shuttle trajectory simulations. The results of these simula-
tions are presented for both powered and unpowered flight phases and at operation-
al levels of four,‘ three, and two IMUs. A multiple system checkout philosophy is
developed and simulation results presented. The final task develops a laboratory
test plan and defines the hardware and software requirements to implement an actual

multiple system and evaluate the interim study results for space shuttle application.
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1.0 INTRODUCTION

Thisis aninterim report on the Space Shuttle Avionics Study, NASA/MSFC Contract
NAS8-27624, This contract was awarded to the Draper Laboratory of M.L.T. on
July 7,1971, As set forthinthe statement of work, the study objective was summarized

in the following sentences:

"To define an onboard checkout, failure detection, isolation and
redundancy management scheme for a redundant IMU system
that meets a fail operational/fail operation/fail safe (FO/FO/
FS) criterion. In addition an experimental program that will
implement the onboard checkout, failure detection, isolation

and redundancy management scheme will be defined."

The approach taken to study the failure detection and isolation (FDI) accuracy
requirements was to use actual shuttle mission trajectory simulations with defined
terminal accuracy requirements, Acceptable threshold requirements for evaluation
of FDI implementations were then defined by showing the accuracy requirements of
individual system‘coefficientsin each trajectory phase and observing error propaga- .
tion characteristics in position and velocity. By use of actual trajectory phases
andrequired IMU characteristics to meet terminal accuracy requirements, threshold
requirements for the multiple system FDI were obtained. This formed the basis of

all FDI evaluations,

The requirement of a failure operational/failure operational/failure safe capability
(FO/FO/FS) defines a system of at least four complementary IMUs where failure
detection and isolation must be reliably accomplished, within mission accuracy
thresholds, with any pair of operational systems. Notice, five IMUs are required
for FO/FO/FS if two IMU skewed FDI capability is not assumed. Only this depth of
gimbaled system FDI will permit a final true fail safe capability. It should be noted
that the current shuttle concept is FO/FS implying at least a three IMU system
definition. The FDI technique preéented is directly applicable to this definition.
Reliability considerations for the shuttle missionsare presented in Chapter 2, where
the probability of mission success with various redundancy levels are described.
The influence of single IMU reliability (MTBF) and FDI effectiveness on these

calculations is shown,

Another primary study area will define, in both hardware and sofiware terms, the
requirements toimplement a laboratory test plan at NASA/MSFC designed to prove

the concepts developed in this program,



' in the (soft) performance failure detection and isolation processing,

It should be noted that this study assumes ''off-the-shelf'' IMU technology and does
not attempt to use the unique features of any IMU manufacturer in implementing
the redundancy performance isolation logic. Simultaneous gimbal readouts and
reference triad incremental velocity information is assumed to be available from
each operational IMU. Thus, the FDI methods presented here are compatible with

all developed aircraft inertial systems.
1.1 TASK I REQUIREMENTS

1.1,1 FDI Theory (Powered And Unpowered Flight Phases)

It should be observed that the operational IMU systems under consideration in this
paper have good quality, finely quantized velocity loops in common, In contrast,
the present gimbal angle readout chains involve a low quality single speed synchro
as a primary sensor. In addition, they have poor gimbal orthogonality and synchro
null repeatability and use a four-gimbal mechanization with only a three-gimbal
readout capability, Thus, emphasisin this studyis concentrated upon failure detection
and isolation methods using velocity as the primary source of decision information.
Inunpowered flight phases, of course, attitude chain informationis all thatisavailable _
for monitoring the IMU gyroscopes to insure performance levels commensurate

with later mission phase performance requirements,

In outlining the requirements for the redundant gimbaled inertial measurement unit
FDI problem, consideration of all shuttle mission phases, including both powered
and unpowered flight, is required. In powered flight phases, an FDI technique is
employed utilizing only-incremental inertial velocity information on an axis by axis
basis., During unpowered flight, only gimbal. generated attitude information is

available for FDI evaluation,

1.1.1,1 Hard Failure Philosophy

In addition to supplementary IMU status information from electronic hard failure
detection available for the computer, an additional hard failure logic level is
implemented in software to insure data reasonability, Gimbal angle readouts and
incfemental velocity information are verified for reasonability with respect to
maximum expected levels prior to any attitude control or navigation updates. Both
of these hard failure detection implementations serve as additional detection and

isolationinformation to permit better management and thus proVide more reliability



1,1,1.2 Soft Failure FDI Implemented For 4, 3, 2 IMU Opefation‘

The powered flight phasesuse individual IMU systems operating with stable member
reference axes and gimbal axes approxirhately colinear. This configuration is used

for both first and second failure detection and isolation capabilities.

After second failure isolation is accomplished, in a four IMU system, detection of
a third failure is possible. In order to properly isolate this failure, however, one
of the two remaining IMUs must be torqued out of the colinear configuration into a
skewed instrument axes orientation, In this manner, enough redundant information
is generated on an instrument axis basis to enable achievement of an acceptable -
isolation confidence level. The fail safe criterion set forth earlier is met only

when instrument failure isolation is possible in a two IMU configuration,

The colinear alignment at launch of the multiple IMUs permits each system to have
its stable member independently aligned in the earth reference frame. Aircraft
havigators have been well developed in this area and do an excellent job., It would
be possible. to tor‘que all stable members into a defined skew orientation frame.
before launch after prelaunch alignment or to perform initial alignment directly to _
skewed orientations, It is felt this would unnecessarily degrade the inherent IMU
accuracy duetotorquinguncertainties. It would complicate and degrade the sensitivity
of the resultant FDI and the associated velocity information used for navigation,
To purposely degrade the available colinear FDI to a skew orientation FDI before
it is absolutely required would increase the overall IMU accuracy requirements.
This could show up as a decrease of the resulting FDI reliabili{y or would increase
overall IMU performance requirementsto meet the same mission threshold require-
ment, One further objection to having all platforms initially colinear is that the’
slewing process will introduce errors through the dynamic error terms (i.e.,
centripetal acceleration, OA coupling, etc.) of the instrument models. A study of
these rotational terms at angular velocities achievable in the KT-70 indicates that

such errors are negligible, and need not even be compensated.

In the unpowered orbital mission phases similar logic is used for colinear and
two-IMU skew orientations using information on rates derived from the individual
gyroscope axes., Accelerometer performance is, of course, monitored directly in

orbital mission phases,

1.,1.2 Prelaunch And Check‘out Ties To FDI

Investigations aremade in this study in how best to use the multiple system information

as an indication of individual IMU parameter verification within expected levels of



performance. This is done in the prelaunch verification by investigating the direct
use of the colinear FDI implementation for individual system integrity testing.
Another critical prelaunch verification before initializing the powered flight FDI at
launch concerns a coarse veérification within two milliradians of the initial earth
referenced stable member position between individual IMUs uéing the gimbal readout
chains, This is ~required to insure close stable member alignment on an axis by

axis basis prior to initialization of the powered flight FDI method.

1.1.3 Off The Shelf Performance For Shuttle Application

It has been the intent in this work to establish a method of FDI which is compatible
with the off-the-shelf IMU, which can be lab demonstrated and which satisfies a
baselineof accuracy requirements derived for the shuttle mission Itis shownthe pre-
sent off-the- shelf attitude chain accuracy is marginal to attain the in-flight aligmment
accuracy requirement prior to the normal reeniry mission phase. Thus, it is of
prime importance for shuttle application to update the attitude chain hardware and
develop and demonstrate applicable attitude chain calibration techniques. This is,
however, not believed to be required directly for the FDI problem solution,

1.2 TASK II REQUIREMENTS

The test plan for demonstration of amultiple IMU system at NASA/MSFC is defined
directly for three production Kearfott KT-70 IMUs and their supporting electronics,
mated to an IBM 47-CP2 computer. The computerized test facility available at
NASA/MSFC, known as SSCMS (Strapdown System Control and Monijtor Station)l,
will be used in momtormg system performance This facility was designed and

constructed by the Ham1lton Standard System Center.

The test plan presented includes single IMU calibration and gimbal flip evaluations

as well as multiple IMU gyrocompassing, land navigation and powered as well as’

unpowered flight FDI demonstrations,
1.3 FUTURE WORK EFFORT

An extension to this work was approved on 3 August, 1972, The extension of work
will be to provide both hardware interfaces and software codmg m implementing
the laboratory demionstration of the multiple IMU system




1.3.1 Task III Work Effort

The hardware definitionis determined principally by given laboratory facilities and

available operating equipment, Figure 1.1, Proposed Test Configuration, shows

the system as presently defined,

The system is based on three KT-70 IMUs with their adapter power supplies. These
are mounted on a Goerz test table, together with three identical interface units
(IU/SIUs)and an interconnect box for power and signal distribution, Overhead cables
will be used for system power and data bus signals., Table slip rings will be used
for analog signals to be recorded or dispiayed, such as systerh voltages and table

angle information,
The data bus terminates at a rack mounted processor interface unit (PIU), the
system's interface with the 4;-CP2 computer, Further, this PIU provides the digital

link between the 47-CP2 and the test station computer (HP 2116B).

1.3.2 Task IV Work Effort

Task IV comprises definition, design, coding and checkout of the operational software
for the laboratory demonstration system. In addition, certain other software must
be written: executive routines for the 4r-CP2, 1/O routines and software interfacing
with the HP2116B,

The system demonstration software will be organized in such a way as to contain a
self~sufficient, independent software package for each major phase of the laboratory
demonstration. This software will be assembled on a 360/75 using the IBM cross
assembler, Initial testing will be performed onthe 360/75 witha 47-CP2 simulator.
The majority of the software verification will be performed on the actual 47-CP2
hardware using a single KT-70 IMU and the hardware interface developed under
Task III. The laboratory demonstration system software will be modeled as close

to possible shuttle system software requirements as possible.
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2.0 FAILURE DETECTION AND ISOLATION PHILOSOPHY
2.1 CURRENT APPLICATIONS OF FDI

Former space flight equipment, both manned and unmanned, has attempted to meet
the stringent reliability requirements by use of a simplistic or primary/backup
philosophy which utilized either ground or crew capability to judge the value of the
outputs from each system and switch to such alternate systems, methods or plans
as were available or could be contrived, The basic mission rule was to degrade
mission goals with apparent equipment problems or to abort with a major equipment
malfunction, Apollo provided several demonstrations of the effect of this philosophy

on mission performance.

Similarly, airline use of inertial navigation equipment, even with dual or triple
redundancy, relies almost entirely on the crew to provide FDI by monitoring and
comparing the indications from the inertial navigatorsand from externally available

sources of position and velocity data.

The basic philosophy of the Space Shuttle system of reusable launch and delivery
vehicles is not compatible with either of the earlier approaches, Each mission
phase is now required to have a fail operational capability. The rapid decision
requirements of the critical shuttle mission phases require an advanced approach
to FDI,

One method under active development utilizesanintegral system of failure detection,
In this method the output data from the Navigation and Control system is compared
with precomputed missionreasonability limits, Reliabilityis provided by automatic
transfer to a non-failed redundant system whenever the comparison exceeds preset
values, Unfortunately, a performance degradation which could be critical for space

shuttle mission safety will not be detected by simple reasonability limit comparisons.

A second stage in the development of FDI technology is exemplified in the SIRU
sys’cem.2 This system is a redundant strapdown mechanization utilizing gyroscopes
and accelerometers mounted on six functional axesarranged in adodecahedronarray,
The advantage of this arrangement for FDI results from the generation of a self
contained FDI algorithm based on the output measurements of the individual
instrument loops. This FDI algorithm automatically screens data to mission
thresholds at the system update rate. The geheration of an instrument operational
status matrix then permits continuous data processing to a computational triad as

transformed by a least squares solution. The FDI portion of the SIRU system has



been demonstrated in the laboratory environment to be capable of detecting and
self-isolating performance degradations of less than 0.375°/hr (25 meru) of gyro
drift and 0.1 cm/sec” of accelerometer bias, This FDI performance is achieved
utilizing only 4% of the available computer time and 1600 words of memory on a

- DDP-516 computer. The corresponding algorithm update rate is twenty per second,

which has been shown as satisfactory for the present dynamic models representative
of the shuttle missions.3 The redundant configuration of the SIRU system is capable
of self contained failure detectionand isolation of up totwo each of the six gyroscopes
and accelerometers and failure detection of a third instrument of each type. This
FDI performance closely matches the needs of the space shuttle system.

2.2 SHUTTLE FDI REQUIREMENTS

Failure detection and isolation techniques employing redundant gimbal technology
present a uniquely different problem when implemented at a level commensurate:
with Space Shuttle performance requirements. Basically, the gimbaled system output
data consists of gimbal angle attitude and incremental inertial velocity information.
Insight into the solution of the redundant gimbaled technology FDI problem may be
gained by a close examination of the redundant strapdown system. In the SIRU
system, gyroscope error driftsaswell asaccelerometer biasand scale factor errors
are detected separately by independent gyroscope and accelerometer loop FDI
implementatibns. In contrast, gimbal system gyroscope error drifts are reflected
as changesin both theattitude and velocity output while accelerometer error sources

appear directly in the velocity output only.

One other major difference between the redundant strapdownand redundant gimbaled
problem involves the prelaunch and in-flight alignment sequence. In the fixed
instrument geometry strapdown implementation, the FDI method is completely
independent of either prelaunch or in-flight alignment requirements, In contrast,

the redundant gimbaled system problem requires each IMU to be aligned indepen?

"dently. This independent gyrocompassing in pre-flight is the most accurate method

available (without the direct use of optics) for aligning the stable member reference
axes with respect to a known geographic coordinate frame. The gyrocompassing

_reference axis alignment can be further verified by comparing the azimuth attitude

among inertial units using the available gimbal readout capability. Because of the

large sensitivity of the inertial velocity information to the launch alignment accuracy,

the FDI method employed is strongly influenced by initial alignment errors. This
work assumes that the maximum error inazimuth between inertial system reference -

axes at launchis limited tothe gimbal readout capability of the inertial measurement




In addition to performance failure mechanization, hard failure detection methods
are implemented for reasonability of incremental inertial velocity and attitude
information, All failure FDI processingistime synchronized with the attitude control
and navigation update rate reqdirements such that all data is screened and evaluated

prior to processing.
2.3 IMU RELIABILITY VS, REDUNDANCY REQUIREMENTS

The actual implementation of all of these redundanc‘y levels requires incfeasingly
better IMU system performance parameters as the available redundant information
decreases. For example, the required IMU performance necessary to operate with
a two IMU skewed redundancy configuration is more severe than if four or three
IMU redundancy were available and either configuration has more severe require-
ments than if a single IMU were specified to operate in a specific mission without.
redundancy. Indeed, this reasoning implies that the strictly "off-the-shelf" IMU
technology may be more economically applied at the four or three IMU level {where
performance requirements approach those required by a single IMU) than at the
two IMU level where considerable performance improvements in present technology
may be warranted. This type of tradeoff is, of course, limited by basic simplex
IMU reliability since at some point further redundancy levels cannot improve overall

system reliability.

Survival probabilities., that is, the probabilities of at least one IMU surviving, have
been calculated and plotted for multiple IMU-systems used in one and two week
shuttle missions. Imperfect FDI is assumed, with reliability of the FDI ranging
from 50 to 100%.4 Individual IMUsare assumed to haveidentical meantime between
failure (MTBF) values. For this study, individual IMU MTBF variés over the range
0 to 2,500 hours, Initial configurations are 5,4,3,2 and single IMUs operating

continuously in a parallel configuration,

FDI effectiveness of x% is taken to mean that, if there is a failure, the pr:obability
that it is correctly found (detected and.isolated) is given by (x/100)., Undetected

and false detected failures imply mission failure.

Figure 2.1 presents the individual IMU MTBF in order to attain a mission success
probability of 0.99 with a systerﬁ consisting initially of three IMUs, It can be seen
that, as FDI effectiveness decreases, the MTBF required for the individual IMU
increases for boththe 1 and 2 week mission, It should be emphasized whendiscussing
MTBF values that the IMU MTBF is dictated by IMU performance screening to the

required shuttle mission accuracy and is more than a hard failure history of the



Figure 2.1 - MTBF required for 0, 99 Mission Success
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component parts. Typical MTBF wvalues assumed for the "off-the-shelf'" systems
being considered in this study, i.e. KT-70 and Carousel, are. in the range of 1500
hours. In this case, a 0.99 probability of mission success may be attained with
FDI effectiveness ratings of 98% and 70% for the two week and one week missions
respectively. From this data, it should be observed that the probability of success
margin for a given IMU MTBF is directly dependent upon the FDI effectiveness.

Figures 2,2 - 2.6 illustrate the probability of mission success vs. FDI effectiveness
given the individual IMU MTBT values for systems consisting initially of 5, 4, 3, 2,
and single IMUs, respectively. Several interesting observations can be made from
these graphs, First, as the number of IMUs in a system increases, the probability
of mission success for given individual IMU MTBF values generally increases. -
These increases can be seen to be largest in areas of high FDI effectiveness while
even small decreases are seen with high MTBF's in areas of low FDI effectiveness,
This phenomenon is due to the fact that an FDI algorithm with a low effectiveness
level such as 50% will exhibit more false and missed failures in a system of N
IMUs than in a system of N-1 IMUs. Thus, for a system of five IMUs with MTBF
of 1000 hours, an FDI algorithm thatis 50% effective yieldsa 2 week mission success
probability of 0,88 while a system of four IMUs yields a mission success probability
of 0.89. '

Finally, it can be seen that for a 2 week mission, a system of three IMUs with an
individual IMU MTBF value of 1000 hours will not yield a 0,99 probability of success
even at a 100% FDI effectiveness., A system of four IMUs, on the other hand, as
well as five IMUs, does meet this 0.99 success probability with MTBF values of
1000 hours. If a system of three IMUs is employed in the space shuttle, a minimum
individual IMU MTBF of 1410 hours must be specified in order to attain a mission

success probability of 0.99 for two week mission times.
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3.0 FAILURE DETECTION AND ISOLATION EQUATION IMPLEMENTATION
3.1 HARD FAILURE DETECTION AND ISOLATION

Historically, failure detection and isolation of faulty inertial measurement units
has been accomplished on an instrument output level. Basically, the individual
instrument output is checked for reasonableness within some predetermined output
level limits. A study of all ground test failures experienced in the Apollo Primary
G&N Inertial Measurement Unit has shown that electronic failure detection capability
of this type would have isolated less than 30% of the total failuresofa level presenting
problems in the shuttle mission. The largest number of these undetected failures
lieinthe area of degraded instrument performanceata lex}el unacceptable for shuttle

requirements.5

It is clearly evident that a method must be developed to detect and isolate these
performance failures. However, it is equally important that a hard fail, electronic
monitor FDI method be implemented in the shuttle mission soas to detect and isolate

any unreasonable A8 or AV information prior to processing,

As sfated before, implementation of the hard failure electronic monitor is done on
a reasonability level. For example, the maximum slew rate expected during a normal
boost phase'in the shuttle mission is 10°/sec. If A6 indicated a rate higher than
this, the IMU in question would be failed due to unrjeasonable data output,

AB/At>R + €AR » HARD ATTITUDE FAIL (3-1)

Equation (3-1) represents the hard failure reasonability condition where R is the
maximum expected mission angular rate, and €5 is a percentage tolerance limit

for attitude maneuver,
A hard fail velocity scheme may be developed in much the same manner, i.e.,

AV/At >+ €y f » HARD VELOCITY FAIL"~ : (3-2)

where f represents the maximum specific force expected on the shuttle mission
and €V represents a percentage tolerance level.

The choice of €, and €.,, the percentage iolerahce levels for attitude and velocity

A v
hard failure detection, must be tempered by inherent IMU noise characteristics
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such a quantization. For example, at maximum specific force inputs, an uncertainty

in accelerometer bias of 5 standard deviations should not signal a hard failure,

For the test laboratory demonstfation proposed in Task II of this study, a maximum
specific force of 1g is seen by the instrument package. Thus, a hard fail detect

criterion may be presented as

2 9 9. 1/2 ‘
(AVX+AVy +AVZ) At -1 g>€y (3-3)
where AVX, AVy, énd AVZ represent incremental accelerometer outputs on the x,

Y, and z stable member axes.

The hard fail electronic monitors of critical signal levels presently used for detection .
and isolation are employed by the failure management logic to permit an additional
décision level to exist, but are not used as a substitute for any performance failure

detection and isolation level.

In addition to supplementary IMU status information from electronic hard failure
detection, a hard failure logic level in the computer is implemented to insure data
~validity, Gimbal anglereadoutand incremental velocity information must be verified
for reasonability with respect to maximum expected levels prior to any attitude
control or navigation updates. Both of these hard failure detection irnplementations
serve as additional detection and isolation information to permit better management
and thus provide more reliability in the parallel performance failure detection and

isolation software processing.

3.2 SOFT FAILURE DETECTION AND ISOLATION EQUATION DEVELOPMENT

3.2.1 Velocity FDI Equations

The velocity failure detection and isolation equations developed here are consistent
with realizable redundancy management techniques.6 To begin with, assume that
available information consists of a velocity vector in stable member coordinates

from each operational IMU., An average velocity vector may then be formed as:

N

VAvE © z V./N _ ' (3-4)
i=1

“This average velocity vector is used as an estimate of the true veiocitx state of the

vehicle. Thus, it will be used as the navigation velocity by the on-board computer

-
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for steering updates. Therefore, it will be necessary for all failure detection and
isolation logic to occur prior to acceptance of the average veloc1ty vector as an

acceptable multiple system solution.

In order to detect the presence of a failure, a velocity error of each IMU is established

with respect to the average velocity vector,

Ve X A

E. AVE ~ i ' (3-5)

1

This velocity error vector is an indication of the performahce of o_irlev IMU with

respect to all operational IMUs,

A problem isimmediatelyrealized here in that the allowable performance (velocityj_
error will be a function of both mission phase and time into the mission. In order
to desensitize the error velocity vector to these two variables, equation’(3-5) is
normalized with respect to the total average velocity.

XE

—ER ]V (3-6)

AVE)

This term, identified as the error ratid, is not directly mission or mission time
dependent, Equation (3-6) may be written in index notation as:
VE

Voo ol )
ERyy Mave| » (3-7)

where i indicates the IMU, and j the stable member axis,

A total squared error may now be defined for each stable member axis as:

N ' _
> v - |
ER.. (3-8)
1) ;

Detectionof a failure occurs when this total squared error exceeds a constant known
as the detection constant,
2 > K. » DETECTION

ET. D. 3-9
; J ) | (3-9)

v

It must be recalled now that the error velocity vector was defined for each IMU as:

XEi FVayg - Y . (3-10)
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Substituting equation (3-4) into equation (3-10) gives:

= (3-11)
Yg = 2 N ¥
1 k=1

or for a system of four IMUs:
Yy Vv Vgt Y,

XE'i" 4 - yi

(3-12)

It can be seen immediately from equation (3-12) that a bias is intréduced into the
calculation of the error velocity for each IMU .due to the definition of the average
velocity vector, e.g. for i=1
Yo+t V,+ ¥
v, -—2-—3 4 -2y, , (3-13a)

—-E1 ‘ 4

The true definition of XEI without bias in the measurement, is:

; Vo +V,+V
Yot Vet ¥, (3-13b
XEI‘ 3 Rl , (3-13b)

The relationship between _\lEl and X"Ei can be expressed as:
Ve =3¥g , : (3-13c)
1 1
Thus, the biasis seentobe 4/3 for a system consisting of four IMUs, More generally,
the bias may be expressed as (N/N-1) for a system of N operational IMUs, In this
manner, equation (3-9) must be modified to compensate for this inherent bias,
2 N-1 ' : )
Verp > (_N_) Kp. (3-14)
» S . J
Equatio’n (3-14) represents the true detection condition for a system of N operational
IMUs.

Isolation of a detected failure is accomplished by measuring the error of each IMU
on an axis by axis basis with respect to the total squared error derived in equation
(3-8).

——1 > K, ™ ISOLATION | | (3-15)
v
ET,
L _ .
If a major part of the total squared.erro'r can be attributed to any one IMU, then a
~ failure has been isolated. The choice of an isolation constant to implement this
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logic decision must be based on several factors including the number of IMUs in

the system and the acceptable signal to noise ratio.

A logic flow chart of the velocity soft failure detectionand isolation method is shown

in Figure 3.1,

3.2.2 Attitude FDI Equations

The attitude failure detection and isolation equations developed here are expressly

Jbcailored to a four-gimbal IMU, such as the KT-70. However, implementation of the

technique-to-more-conventional-three-gimbal-IM-Us-presents-no-problem.—To-begin
with, it is assumed that the only information available from each of the IMUs is the
gimbal angles. Using these gimt;al angles, a quaternion may be developed which

represents a rotation from the navigation base to the stable member platform.
SM _ ' .
Qp~ = Q, Q Q Q (3-16)
i i i i i

where Qoi’ Qli’ Q2;, Q3i are quaternion representations of the four gimbal angles
for the ith IMU, It isassumed here no fixed attitude misalignment transformations
are used to main’;ain the calibration of each IMU.'7 This is critical in the two IMU

problems presented in section 3.2.3.

Since the quaternion developed in equation (3-16) may be represented as:

0 0 2]
QSM = cos(ii-) + 1 sin(—ﬁ> + i sin(i) + i sin(i)
B, 2 =x 2/ 7Yy 2 <z 2 (3-17)
a rotation vector may be defined as:
SM _ .- . .
= 9
EBi e % 7 ly ey. + L, ez. (3-18)

1 1 1

It must be noted here that the rotation vector, B_]S_:,IYI is essentially a set of Euler
angle rotations and, as such, will be represented as a vector for convenience sake

only.

An average rotation veétor_ may then be defined as:

N 5SBM
R , >: i S (3-19)
RavE N

i=1
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In order to perform vector func{ions, BAVE musf be transformed into quaternion

form, i.e,
6 6y : 6 9
_ AVE) o ( AVE) I ( yAVE) C ( ‘A )
QAVE = coSs ( D) .+ 1, sin \—a—= + ly sin —5 + i sin —Z-—Y—Fi (3-20)
An error quaternion may now be developed as:
= * 3' 1
Qe " Qave @ (3-21)
where /
6 6 R ' (6
* AVE\, - ( XAVE) o ( yAVE) L ( ZAVE)
QpyE—=—Ccos ( g =g sinm=p——/ = dgsin A==t sin A= . (3=22)

It is once more con{renient to return to rotation vector form for the detéction and
isolation process. Therefore, let
Rp =i, 6. +i GyE +i 6 . » (3_23)
i

i E. 7
, i

from equation (3-21).

The error rotation vector information is stored in the corriputer so that time histories

of the vector may be established. In this manner, a drift vector rriéy be defined as
FT. = (R - ) a0 - o (3-24
DRIFT; (EEi Berast) /ot ' (3-24)

where i indicates the IMU and AT the time step between measurement

of Rp; and REIAST;

By defining the attitude error in terms of a drift rate rather than a whole angle,
problems involving absolute attitude accuracy are relieved. This is especially

important in'an IMU with inherently poor gimbal readout chains,

A total squared error may now be derived from equation (3-24) as
. : N f |
DRIFTZ = » DRIFTZ | . (3-25)
Joi=1. : J o ‘

where j represents the stable member axes and i the IMU,

' Detection ofa failureis accomplished by comparing the total squared error developed
in equation (3-25) toa predefined detection constant based onmaximum performance
deviations allowable in the system.
. » v .
DRIFT > K _ (3-26)

. D,
J J
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As with the velocity failure detection method presented earlier, a bias is introduced
inthe total squar'ed error shown in equation (3-25) due to the definition of theaverage
rotation vector. Thus, equation (3-26) must be implemented as

2 J[N-1 R (3-27)
DRIFTTJ_ > ( < )KDj » DETECTION

Isolation of a detected failure is accomplished, as with the velocity FDI 'technique',
by measuring the error of each IMU, on an axis by axis basis, with respect to the

total squared error,

TN

DRIFT1

——21 > K; ™ ISOLATION Co (3-28)
DRIFTY, ' v

J
Like the velocity FDI ‘scheme, the choice of an isolation constant is based on the

number of operational IMUs in the system and the acceptable signal to noise ratio,

. Theory behind the choice of a proper isolation constant is presented later.

A logic flow chart of the attitude failure detection and-isolation scheme is shown in

Figure 3.2. Notice, the logic of both methods implemented when error detection
without the subsequent isolation occurs is to recycle and reverify the detection

' condition, This is the circumstance when simultanecus large errors occur on the

same IMU axis, Itisexactlythiscircumstance for whicha higher level of redundancy

. management must beimplemented using the performance failure, hard failure, other '

possible subsystem information and experience on the implemented systems to form

an operating method acknowledging two simultaneous IMU axis errors,

3.2.3 Two IMU FDI Equations

Failure detectionand isolationina system consisting of two colinear gimbaled IMUs
such as the KT-70 presents a unique problem not encountered in a system of three .
or four colinear IMUs. This problem exists because, while detection of soft failures
is possible by means already presented herein, isolation of the detected failure
cannot beaccomplished. The problem is circumvented by taking the approach outlined
earlier, i.e., skew one IMU with respect to the other by an optimum Euler angle
rotation. In this manner, although only two gimbaled systems are employed, enough
redundant data is available to properly isolate any detected fallure

To begin with, assume that ax}ailable information consists of a velocity vector from

each operational - IMU (iwo in number) in its respective stable member platform

coordinates. Since the two IMUs are skewed with respect to each other by a known
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rotation vector the relationship between the two velocity vectors may be represented
ideally as: '

_Yl = qo yz qO | (3‘29)

where Vi is thevelocity vector from IMUl, \12 is the velocity vector from IMUjy,.
and q, isa quaternion representation of the Euler angle transformation from IMU,

stable member coordinates to IMUl‘stable member coordinates,

Given this velocity information, detection of an accelerometer failure may be

accomplished by utilizing the magnitude differénce of the two vectors, i.e.,
2 : 9 .
VE * ("—71‘ f‘—’zl ) (3-30).

wh‘ere V% is a scalar representative of the total Qelocity error magnitude. To
avoid any direct dependence upon the mission being flown, it is convenient to
normalize V% by the total squared average velocity, i.e. Vj; V3 . Detection of a
failure in the velocity chain is then accomplished by comparing the normalized
squared error velocity to a pre-determined detection constant, '

A

WI > » DETECTION : (3-31)

Kpy

If this scalar exceeds the detection constént, then an attempt to isolate the faulty
IMU is made. If not, attitude failure detection and isolation logic is entered to
check the status of all gyroscopes. The flow of this logic can be seen in Figures
3.3a and 3.3b, - '

Toisolatea detected accelerometer failure, two velocity error vectors are formé(_:l.

VE, =Y, -q,¥,q, | (3-32a)
| VE, = ¥, - q’: v, a, (3-32b) -
In equation (3-32a), Yo is computationally transformed into a coordinate system
colinear with that of 'IMUl. In this manner, VE; is a vector representative of the
velocity error in IMU,. Similarly, VE, is a vector representative of the velocity
error in IMU,y, If an accelerometer failure has occurred, then a major portion of
the magnitude of either VE or VE, will lie along a single stable merhber axis.
For example, if an accelerometer failure has occurred on the Y-axis of IMUI, then
a large part of the magnitude of VE,; will liealong the Y-axis. Ina similar manner,

while this same failure would cause a fheoretically identical error in magnitude
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of _\_/'E2 however, no major portion of this error would liealong any one stable member
axis in IMUg. This is because the two IMUs are skewed with respect to each other

and therefore have no two axes colinear,

To increase the sensitivity of the velocity error vector, a squared error ratio is

formed as:

2 Iv (3-33)

where KIV represents anisolation constant. Choice of the proper isolation constant

must be made with respect to actual system signal to noise considerations.

Detection of a gyroscope failure in powered flight is accomplished in a manner
similar to that of the accelerometer failure just described. To begin with, a

dimensionless attitude error unit vector is derived for each IMU,

sk 1
AE, - (Xl x 9 Y5 9, \) W (3-34a)
AE, = (y—z X qo>.< v, qo) m (3-34b)

In this manner, AE; is representative of an error rotation in IMU1 stable member
coordinates and AE2 is representative of an error rotation in IMU2 stable member

coordinates.,

Detectionof a gyro failureisaccomplished by employing the attitude errors derived
in equations (3-34a) and (3-34b). A drift vector is defined for each IMU as:

DRIFT, = (AE; - AE LAST)/At (3-35)

In this manner, detection can be based on an acceptable level of drift rather than

whole error angles.

DRIFTij > KDA> DETECTION (3-36)

Isolation of a detected gyroscope failure is done so as to locate the direction of the

maximum drift vector. A velocity error vector is formed for each IMU in its
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respective stable member reference frames after gyro torquing is completed.
\E_l(tl) = yl(tl) - q, \_/2(t1)q0 (3-37a)
@2&1) = Yz(tl) - 4, _Yl(tl)qo (3-37b)
Thesevelocity error vectors are formed after skewing is completed so as to eliminate
any gyro forquing scale factor errors which may be inherent in the system. This
is important since typical gyro torquing scale factor errors. are specified to be

quite large for the Kearfott KT-70 IMU.

At the time an unacceptable drift is detected (equation (3-36)), another velocity error

vector is formed for each IMU in its respective stable member reference frame.
YEl(tz) = \_71(t2) - 4y \_/2(t2)q0 (3-38a) |

VE,(t,) = V,ylt,) - qp ¥, (ty)q, (3-38D)

The stable member axis exhibiting the maximum gyro drift over the time interval.

(tz - tl) may now be found by crossing the two velocity error vectors as

| ¥E, (t)) X VE, (t,) .
DRIFTAXISI = |m1(t1)‘ I‘El(tz)l (3-39a)
. Ez(tl)x @2(t2)
DRIFTAXISz -lwz(tﬂl |@2(t;| (3-39b)

The theory behind use of equation (3-39a) and (3-39b) is that maximum velocity
deviations over the time interval (t2 - tl) will lie in a plane perpendicular to the
maximum gyro drift. The cross product of these two velocity error vectors will,
therefore, identify the axis of drift over the time interval (1:2 - tl)‘ The maximum
component of the vectors DRIF_TAXIS1 and DRIFTAXIS2 isolates the faulty gyroscope
and thus the faulty IMU.

MAXIMUM (DRIFTAXISij) > KIA>ISOLATION - (3-40)
It must be noted here that the isolation technique presented above is valid only

when a drift detection has been positively identified. Probability limits as to the

decision of a failure are inherent in the isolation constant. As with all previous
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- choices of the isolation constant, signal to noise consideration must be taken into

account.

One further failure detection condition must be introduced into the two IMU FDI
problem to check the IMU attitude error. If a large attitude error is present, the
velocity FDI technique will not detect it because no great difference in magnitudes
will exist. Further, the attitude FDI technique will not detect it because no drift is
occurring, However, the presence of the large IMU attitude error is capable of

failing mission performance criteria and therefore must be considered.

-Inorder to detect anunacceptable IMU .attitude error the whole-angle. offset between -

the two velocity vectors is defined as

Vix V2
PHL= Vel [ve] (3-41)

If PHI exceeds a whole angle detection constant K an unacceptable IMU attitude

AV’
error has been detected, i.e.

PHI >KDV>DETECTION (3-42)

Isolation of a detected failure is done in a manner exactly as all other velocity
failures (equation (3-36)). It should benoticed here that apreferred order of detection

is presented as:

1. velocity magnitude error,
2. drift errors, and
3. . whole angle errors between velocity vectors.

This preferred order has been established so as to minimize isolation problems.
For example, certain accelerometer performance errors could cause a drift failure
detection condition. Isolation of this failure would be .difficult by anything other
than the velocity vector comparison outlined in equations (3-33) to (3-36). First
priority should always be a magnitude check, then drift, and finally whole angle
offset for IMU attitude errors.

3.3 ISOLATION THEORY

Choice of a proper isolation constant, as stated earlier, involves the consideration

of two major items, i.e. signal to noise ratio and the number of operational IMUs
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in the system. Signal to noise ratio, in this context, represents the ratio of the
error signal from a single IMU to be isolated to the magnitude of the norrnélly
expected uncompensated parameter uncertainties from all other operational IMUs
in the system. Figures 3.4 and 3.5 illustrate the relationship between all possible
isolation constants and error signal tonoise ratios for redundant systems employing
four and three operational IMUs respectively. It can be seen that the choice of a
properisolation constant is well bounded by the probability of missing true failures
and the probability of isolating false failures. Further, an area controlled by
instrument noise is evident at low error signal to noise ratios. This phenomenon
arises due to improper choice of a detection constant. For example, if a detection
constant is chosen so as to recognize a small error level, the error signal to noise
ratio will also be small since the errors.detected will be of the same order of
magnitude as the uncompensated parameter uncertainties. Detection at a low error
signal to noise ratio, therefore, implies that an isolation decision must be made in
aregion controlled by instrumentnoise. Inorder toavoid this problem, the detection
constant must be chosen at a level high enough to permit proper isolation decision

capabilities.

If both the detection and isolation constants are chosen properly, under the design
considerations illustratedin Figures 3.4 and 3.5no single failure detection or isolation
problems will arise. If a specificisolation decision cannot be made, however, multiple
simultaneous failures have occurred. If simultaneous failures are indicated in an
FDI implementation with known high reliability then the identification of simultaneous
failures itself is useful knowledge for implementation with other status information

for redundancy management.
3.4 SUMMARY

The FDI method presented here has several advantages over other failure detection
5 and isolation methods. To begin with, during time critical mission phases, the
| technique utilizes only velocity vectors from the IMUs. Thus, the hardware change
tradeoffs in off-the-shelf four-gimbal inertial measurement units are based upon
factors other than the redundancy management implementation such as the capability

of inflight alignment.

Secondly, the technique does not break down under most multiple simultaneous
performance failure conditions. Since all detection and isolation is done on an axis
by axis basis, simultaneous failures on different inertial axes cause no problems
in the FDI process. If multiple simultaneous failures occur even on the same inertial

axis, FDI techniques will not break down provided the velocity error propagations
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are significantly different. Thus, only those performance errors that occur on the
same inertial axis with similar velocity error propagation chafacteristics will not
be isolated. Detection of this multiple failure situation will, however, be ac-
cdmplished. If this detection is coupled with other hard failure or external

information, a redundancy management method can be implemented.
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4.0 FAILURE DETECTION AND ISOLATION SIMULATION DESCRIPTION
41 SHUTTLE TRAJECTORY DESCRIPTION AND MISSION REQUIREMENTS |

The evaluation of a performance failure detection and isolation méthod, suitable
for the shuttle mission, requires a variety of mission phases. The critical phases
with respect toan FDI studyarethe boost, cruiseand entry phases, The trajectories
chosen for the FDI evaluation, then, are V

1) Boost Trajectory
2) ~Booster Entry Trajectory -~ ~ oo T T
3) Orbiter Entry Trajectory

4) Cruise

The nominal boost trajectory, in the simulations to follow, has a duration of 1302
seconds prior to orbital insertion, with a Taunch at Kennedy Space Center. The
booster profile consists of a 12-second vertical rise followed by a constant pitch
rate maneuver, The vehicle then flies an approximate zero angle of attack with
booster accelerationlimited to 2.5g until staging occursat 225 seconds. Theorbiter
stage acceleration is limited to 3g with engine shutdown occurring at 424 seconds.
The final duration of the boost phase consists of unpowered flight with no vehicle
rates. The only vehicle acceleration realized in this period is due to the presence

of atmospheric drag.

To establish acceptable threshold levels for the FDI problem, some crit_eria must
be derived so as to distinguish unacceptable performance from acceptable
performance., This task is a difficult one for the nominal boost trajectory since
there is no defined ‘acceptable "footprint' for the vehicle." The maximum allowable
errbrs acceptable for IMU performance in a'nominal ascent trajectory must be a -
function of whether these errors place the safefy of the crew in jéopardy. The
safe-orbit determination is, th'eifefore, the only valid criterion for establishing
absolute red-line IMU performance parameters. Whether these parameters are in
terms of actual instrument performance levels, e.g., 0.9°/hr biaé on the east gyro,
or system performance levels, e.g;, velocity error of 50 ft/sec, is of minor concern
since either may be employed as an acceptable measure of safety. ‘The study of
four redundant gimbal IMUs, however, requires the use of system:. perfox_'mahce
parameters as the criterion since the on-board computational facility will have
estirﬁated state vectors (one from each IMU) available for use by the fa'ilure_ detection
and isolation equations. Differences in position, velocify, or attitude among four

IMU estimated states are thus the only measurements that may be taken, A problem



isimmediately realized here in that FDI techniques must operate on four estimated
states in an attempt to meet a criterion based on the true state of the vehicle,
namely a safe orbit, The establishment of required individual IMU red-line
performance parameters, therefore, should involve a closed-loop simulation where
all IMU errors are fed back into the guidance equations of the vehicle so as to

control the true state.

Simulations of this type predict minimum instrument error sources that are capable
of failing the safe-orbit criterion.8 These results are presented in Table 4.1,
Note that the gyro bias drift rate specifies two values, i.e., =0.9°/hr and -2.0°/hr.,
The -0.9°/hr represents the maximum allowable drift if this gyro is used for
gyrocompassing during pre-launch, The -2.0%/hr represents the maximum allowable
drift if the gyro is specified only on the basis of the time dependent drift error:
from the time of launch to orbiter engine shutdown, assuming an external method

of controlling the azimuth error,

Table 4.1

Red-Line Instrument Errors

(Nominal Ascent Trajectories)

Error Source Maggitude
Cross Range Gyro Bias Drift -0.9°/hr (-2.0°/hr)

Cross Range Gyro A Sensitive Drift About =-2,25°/hr/g
The Spin Axis

Cross Range Accelerometer Bias ' 5.10 cm/sec?
Down Range Accelerometer Bias +3.26 cm/sec?
Altitude - Accelerometer SF Error -6750 ppm
Down Range Accelerometer SF Error -2010 ppm

It should be remembered that the values given in Table 4.1 represent the minimum
allowable individual instrument error uncertainties for a single IMU to fail the
safe-orbit criterion for a nominal ascent irajectory. For the case of four IMUs,

‘however,navigationis execuied on the basis of the average of the individual outputs.‘
Determination of the maximum threshold level tolerable (red-line limit) must then
be accomplished by observing what system errors are realized in the estimated
state when the minimum allowable uncompensated instrument error sources presented
in Table 4.1 are employed in a closed-loop IMU simulation, The results of these
simulations may be presented in a manner consistent with that proposed in the FDI
method defined previously, i'.e. a time profile-of V error/V total where V error is
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coordinatized in the launch stable member frame, In addition to a red-line
performance criterion, anVIMU performance criferion is establishecj in much the
same way, However, instead of red-line values being used in the simulations,
individual 3-0 IMU parameter values are used to predict estimated state errors.
A root sum square (RSS) is then taken of all of the contributionsin order to describe
a "worst case' 3-0 IMU performance., Figure 4-1 identifies the resultant normalized
thresholds that were used in the simulation for the nominal boost trajectory. It
should be noted that pre-launch azimuth gimbal monitoring among IMUs was used
to limit pre-launch azimuth error to 2 mrad, A shift in the performance failure
Fir_st_, i_né‘-cr-ument error sensitivities are unusually high near the region of maximum -
dynamic pressure. These error sensitivities are found to decrease after staging.
Secondly, the red-line thresholds as well as the 3-c IMU thresholds shown are.
straight-line approximations of the actual thresholds derived, Theactual 3-0 curves

are also shown,

After orbiter engine shutdown, only attitude FDI methods are employed. Identification
of red-line parameters for the attitude FDI evaluation is based upon the required

gyroscope performance levels specified for the entry mission phase,

The booster entry trajectorygsubjects the vehicle, and thus the IMU(s), to a more
severe dynamic environment and performance requirement than the nominal ascent
trajectory. The duration of the boosterentry trajectoryis 600 seconds, The vehicles
separate at 215 seconds. -An apogee of 53.7 miles is reached 50 seconds after
separation. The vehicle then undergoes a transition maneuver after which it turns
around and proceeds back to the launch site, Maximum acceleratioh during the
entire ﬂight is limited to 4,0g. For simulation purposes, all performance evaluation
is terminated at an altitude of 50,000 feet,

Evaluations similar to those for the nominal boost trajectory were accomplished
for the -boosterentry trajectory to determine red-line and 3-0 IMU performance
specifications, However, the red-line criterion chosen for this trajectory is a
5-nautical-mile-radiuscircleat 50,000-feet altitude. Maximum allowable IMU error
sources which meet this criterion were derived and are shown in Table 4.2. The

resultant normalized redline and 30 thresholds are shown in Figure 4-2,
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Table 4,2

Red-line Instrument Errors

(Booster Entry)
Cross Range Accelerometer Bias +2.15 cm/sec2
Down Range Accelerometer Biasg +2.86 cm/sec2

Down Range Accelerometer SF Error 15200 ppm
Cross Range Gyro Bias Drift 0.1°/hr (4.3°/hr)
Cross Range Gyro A Sensitive

Drift About the Spin Axis 8.4°%/hr/g

The orbiter entry trajectory provideé the longest time durationand the most difficult
performance requirements of all mission phases. The orbiter vehicle is initially.
assumed to be in an equatorial orbit with a deorbit burn maneuver occurring 15
minutes prior to entryinterface. Further, the vehicleis assumed to have performed
an inflight alignment just prior to the deorbit burn. The orbiter entry employs a
thermal protection system guidance 1aw10 which navigates the vehicle along a
minimum g-loading path. Its configuration consists of a high cross-range capability
which is utilized 260 seconds after entry interface to perform an attitude maneuver
which places the vehicleintoa 550 nmicross-range trajectory. A vehicle transition

maneuver occurs at 90,000-feet altitude,

Development of red-line and 3-0 performance specifications for the orbiter entry
trajectory follow the same logic as presented for the nominal boost and booster

entry trajectory. These performance specifications are shown in Figure 4-3.

The criterion chosen for' the orbiter entry trajectory is a 12-nautical-mile-radius
circle at 100,000 feet altitude, Maximum allowable IMU error sources that meet

this criterion are shown in Table 4.3.

Table 4.3 _
Red-line Instrument Errors
(Orbiter Entry)

Altitude Accelerometer Bias +1.77 cm/sec?
Cross Range Accelerometer Bias +2.34 cm/sec2
Down Range  Accelerometer Bias +4.00 cm/sec2
Altitude Accelerometer SF Error 9300 ppm
Altitude ' Gyro Bias Drift 1.98%/hr
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Cross Range Gyro Bias Drift 3.27%hr.
Down Range Gyro Bias Drift 0.75%/hr
Cross Range Gyro A Sensitive
' Drift About the Spin Axis 2.45%/hr/g
Down Range Gyro A Sensitive
Drift About the Spin Axis 13.50°/hr/g
In-flight Alignment +5 mrad

4,2 REDUNDANT INERTIAL SUBSYSTEM SIMULATION METHOD

Three basic software subroutines have been developed for the evaluation of the FDI
methods with shuttle mission requirement, A detailed single four-gimbaled IMU
model representing existing 'off-the-shelf' performance characteristics was..
created. A block diagram of the model is shown in Figure 4-4. The essential

features can be described as follows:

1. A perfect state vector of the vehicle with respect to a reference frame is

derived from the given trajectory inputs,

2. The computational state vector of the vehicle with respect toa reference frame
is derived using the gyroscope and accelerometer models.

3. The actual gimbal readout chain is modeled to generate realistic attitude
-
information,
4, An evaluation process is implemented to demonstrate the performan'ce of the

actual IMU mechanized.

'This IMU model isused to generate a series of data files, each of which represents
a single IMUs data output to beutilized in the final multiple IMU simulation. Figure
4-5 shows the features of the multiple IMU simulation method, It can be seen that
each IMUs data output is employed with the FDI equation set whichis being evaluated,
In this manner, simulations may be made utilizing any number of IMU models, each

with different performance characteristics,

4.2,1 Description of a Single IMU Simulation
The IMU model that is simulated is described in Appendix A, The IMU model ecror

sources discussed below may optionally be specified by data cards, but normally

are determined by a random number generator with normal distribution, zero mean,
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and variance equal to the values listed in Appendix A. Once determined, each error
sourceis carried throughthe missionat this single value. Instrument errors included
in this simulation are bias drift and acceleration sensitive drift for the gyros, and
bias and scale factor errors for the accelerometers, Misalignment terms are also

modeled and simulated.

The initial platform misalignment represents pre-launch gyro compassing error

or inflight alignment error,

been found that the ability to do the prelaunch gyrocompassing directly affects the
sensitivity of the FDI method. If the standard KT-70 IMU subsystem is assumed, a
gimbal chain calibration will allow knowledge of the azimuth readout axis of each
IMU to within two milliradians, The simulation program then limits the azimuth

error sources in each IMU to two milliradians.

In the inflight alignment case, the alignment errors and the time from alignment
are inputted. The initial error is then the sum of the alignment error and the

gyroscope bias drift multiplied by the time from alignment,

For simplicity, the accelerometer triad misalignment is specified by three angles.
One angle specifies the nonperpendicularity of the two level accelerometers relative
to each other. The other two angles indicate the nonperpendicularity of the radial

accelerometer relative to the level plane,

Gimbal~non-orthogonalities and the redundant gimbal bias are specified by five
separatequaternions, The gimbal readout model allows quantization error, constant
readout bias, and a sinusoidal readout error which varies as a function of gimbal

angle.

Referring to Figures 4-6a and 4-6b, the IMU simulator program will now be defined.
This program simulates the four gimbal KT-70 and a dedicated navigation computer.

The output is a file of IMU measurements and navigation quantities.

The values of the IMU model error sources are determined at the beginning of
N

each run, In the cases of the '"'perfect'" IMU these values are introduced by data

cards specifying all zeros. The 'red line'" IMUs are generated by selectively

introducing the required error values.
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The simulation loop reads a mission phase trajectéry file. These files contain
specific force in body coordinates, Vbody rate in body coordinates and time. The
average specific delta velocity in body coordinates due to the rotation of the vehicle
is computed. This is then transformed into "perfect” stable member inertial
coordinates. The transformation from body to perfect stable member is updatéd
as a function of body rate. The specific AV is then transformed into actual stable
member coordinates by the quaternion representing gyroscope errors., This error
quaternionis thenupdated asa function of gyroscope bias, and acceleration sensitive
drift. The accelerometer outputs are the specific AV degraded by accelerometer
bias, no‘n-orthogonalé’gi(_a_sj_ sggle fact_or_ errors gpd_ qgga_r}fcg_za‘_cior}. »Posi'tion and velocity

are then updated by the accelerometer outputs after gravity computer processing,

Gimbal angles are extracted from the body to actual stable member quaternion using
Newton's method of iteration., This process automatically considers fixed gimbal
non-orthogonalities,. The gimbal readout model then degrades these angles
considering readout bias and sinusoidal offset error models and the quantization
error of thereadout device, The simulation program writes an output file of gimbal

angles, accelerometer outputs, position, velocity and time,

These procedures are performed periodically, and synchronized with the trajectory

file, until the miséion is completed.
4,3 FAILURE DETECTION AND ISOLATION IMPLEMENTATION

The four IMU failure detection and isolation encompasses twomethods corresponding
to powered and unpowered flight, The two prograrhs used to implement and verify
these methods will be described below,. These programs have been run with boost,
entry and coasting flight trajectories, with one, two and three IMU failures. The
result of these simulations will be discussed in the next section. Both of these
analysis programs require five IMU files, One file represents the perfect IMU,
The other four represent the four operational IMUs. There may be one, two or at
most three separate red line IMUs, while the remaining IMUs represent normal

""one sigma' performance models.

4.3.1 Velocity FDI Verification Program (Powered Flight)

The following is a description of the velocity FDI Verification Program, to be used
in conjunction with Figures 4-7a to 4-7c, The programreads detection and isolation

threshold constants which depend on mission phase and were established as shown
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in 4-6a, The positionand velocity are also initialized with respect to each separate

mission.

Velocity and AV for the four operational and the perfect IMUs are read from the
data file. The perfect IMU dataisused only for. performance verificationand display
and does not enter into FDI computations,

At each time step, a reasonability test on AV is made to isolate hard failures,

The first step in the FDI computation is té determine the average velocity of the
remainder of the "good" IMUs, i.e: those IMUs not failed by reasonability criteria.
An estimate of the individual IMU velocity errorsis computed relative to thisaverage
velocity, TSE (Total Squared Error) is a vector whose componeﬁfs are the total of -
the squaresof the estimated velocity errors for the remaining IMUs, The detection
ratio vectoris TSE normalized by the square of the magnitude of the average velocity.
The isolation ratios form an array with an element for each axis and each IMU, It
is computed by dividing the square of the estimated velocity error component by
the corresponding component of TSE,

"Three Sigma' detection provides a warning and a necessary condition for further
detection and isolation analysis in this FDI technique. The detection ratio vector
is compared with the "Three Sigma" detection constants, Without detection at this
level, the system will proceed with normal navigation. When a "Three Sigma"
detection occurs, an attempt at isolation is performed. The isolation ratios for
each of the remaining IMUs corresponding to the axis in which an error is detected
~are compared with the '"Three Sigma'' isolation threshold, Note that the detection
process has performed one level of isolation, that is, it has isclated an error to a
particular axis. Red line detection and isolation tests are performed inde‘pendently
of "Three Sigma" isolation, This is important insofar as third failure detection is
concerned. Thered line detectionand isolation procedureis the same as the "Three
Sigma'' detection and isolation except that different thresholds are used, and the

" third detection is recognized.

If ared line error is detected and isolated, the system is reconfigured by removing
the failed IMU. After reconfiguration the entire FDI is reiterated on the remaining

IMUs in an atfempt to screen additional simultaneous failures prior to proceeding

. with navigation, The navigation routine computes position and velocity updates based

on the average.delta velocity of the remaining IMUs, The result is compared-with
the perfect IMU and is printed and plotted as a figure of merit of the FDI scheme,
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4.3.2 Gyro Drift FDI Verification Program (Unpowered Flight)

The following description of the gyro drift verification program for cruise flight is
to be used in conjunction with Figures 4-8a and 4-8b. The Detection and Isolation
thresholds and gyro sampling are inputted using data cards,

The gimbal angles for the perfect and the four operational IMUs are read from

their respective files.

A quaternion of rotation is computed for each IMU with these gimbal angles. This
represents the transformation from a common body (nav base) frame to the stable
member inertial frame. An average quaternion is derived from the individual
quaternions of all operational IMUs, The product of these individual quaternions
with the conjugate of the average quaternion yields an estimate of the error quaternion
relative to the stable member reference frame, Error angles about each IMU axis
are extracted from these error quaternions. Every AT seconds an estimate of the
square of thedrift rateis obtained from present and»pastb error angles. The detection
parameter (TSE, total squared error) is the sum of the squares of the individual
axis dfifts. An isolation 1"atio is computed from the square of the individual drift

error normalized by the corresponding component of TSE,

Anerroris detected whena component of TSE is greater than a4 maximum allowable
drift squared, Isolation occurs whenanerror has beendetected, and ‘whena'particular
instrument axis contributes a significant portion of the total squared error. This
'is controlled by the isolation threshold. - This system, mechanized for four IMUs,
allows isolation of two failures and the,detection of a third failure, After each
isolation the system is reconfigured by removing the failed IMU and by reiteration
of the FDI logic. The average attitude is compared with the perfect attitude at
every time step. This figure of merit, along with the détection'rat_ios and error
angles, is both printed and plotted for evaluation. '

Simulations are shown in the next chapter for the colinear IMU conﬁgufation, poWered
and unpowered flight phases. Simulations were also developed for the theofy of
implementation at the two IMU level from equations developed in Chapter 3.' The
simulation development follows the two IMU equation format directly and will not
be represented in this chapter, .
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5.0 FAILURE DETECTION AND ISOLATION SIMULATION RESULTS

A digital 'simulation of the multiple IMU system (Figure 4-5) has been prepared for
use in evaluating the FDI techniques developed in this study. The full model is
based upon four independent single KT-70 models. '

In the simulations presented, a series of statistically generated. standard 1¢ IMU
error parametersis used to represent a normal 'sy'stem: Other IMU models, which
include known performance degradation, are then utilized with the standard IMUs
to form the multiple IMU set for FDI evaluation, The FDI logicistested by evaluating
its performance in locating' ‘the given degradation. = The following séctions are
organized to present the colinear axis simulations for each mission phasein Sections

5.1 through 5.4, Section 5.5 then presents all the skewed axis simulation results,
5.1 NOMINAL BOOST VELOCITY FDI TEST RESULTS

An example of a simulation of this type is shbwn in Figure 5-.1. In addition to
three normal IMUs, a degraded IMU containing an error in the altitude channel
accelerometer of 6750 ppm in scale factor is utilized for FDI evaluation., This.
system of four IMUs is evaluated using the powered flight segment of the nominal
boost trajectory. The bottom picture of Figure 5-1 shows the time profile of the
altitude channel detection ratio. It is seen that the red-line detection threshold
established for this mission is violated at 36 seconds into the flight. The top of
Figure 5-1 shows the altitude velocity error of the degraded IMU as well as the
averagenavigationvelocity error as a function of mission time. The velocity error
of the degraded IMU increases until the detection, isolation and automatic
reconfiguration is accomplished at 36 seconds. The reconfiguration of the system
can be observed by the change in.siope of the navigation error., Note that a 3¢ IMU
performance detection and isolation of the degraded IMU occurred at 6 seconds,

but no reconfiguration was done since mission safety was not in question.

An example of a dual failure simulation along a single axis for the nominal boost
mission is shown in Figure 5-2. This system of four IMUs consists of two normal
and two degraded IMUs at the time of launch. The IMU degradation models are
bothin thé altitude axis accelerometersand are specified in the figure, The detection
and isolation of IMU #1 and reconfiguration occur, as before, at 36 seconds. The
detection, and isolationof IMU #2 and reconfiguration occur at 225 seconds. Notice
that with dual simultaneous failures occurring ona single axis, the failure detection
and isolation implementation>was effective, Thisis possible since the velocity error

propagation characteristics of both failures are significantly different. In general,
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dual simultaneous failures can be detected and isolated as a pair if their individual

error propagations do not have similar simultaneous magnitudes.

In general, dual simultaneous failures not associated with the same axis are
identifiable with the use of this FDI scheme, Simultaneous failures alohg the same
axis can not be individually isolated, however, unless the error propagations are
significantly different. If appropriate failure detection and isolation constants are
defined dual simultaneous failures can be detected and isolated as a pair if their

individual error propagations do not have similar simultaneous magnitudes.

An example of third failure detection during nominal boost is shown in figures 5-3
and 5-4. These represent the down range and altitude channels respectively. The
third error source of 3330xg accelerometer bias has been included in addition to

those described in figure 5-2. The effect of scale factor error and accelerometer -

bias are felt early in the flight and hence are detected and isolated at 30 seconds
and 34 seconds after liftoff. Note that the addition of an error source has not
appreciably affected the detection and isolationtimes associated with IMU #1, Figure
5-4 shows the third detection. It has occurred at 226 seconds which coincides with

separation at which time the redline threshold velocity is reduced.
5.2 BOOSTER ENTRY FDI TEST RESULTS

Figures 5-5 through 5-10 represent the results of one fail, two fails and a third
detect for the boosterentry trajectory. The first fail case, figure 5-5, is caused
by a bias of 2.86 cm/sec2 in the down range accelerometer, The failed IMU is
isolated after 45 secondsinto the flight, The two failure situationis shownin figures
5-6 and 5-7. Figure 5-6 depicts the isolation of IMU #1 at 75 seconds, The error
source is a constant 2,15 cm/sec2 accelerometer bias along the cross range axis.
The second failure, 5200 ppm scale factor error on the down range accelerometer,
is shownin figure 5-7. One can see the effect of scale factor error on the navigation
error as a representation of the thrust profile. Also note that the squared criteria
detect ratio has magnified this effect inorder toinsure positive detection, Detection

and isolation for this case was accomplished at 381 seconds.

The three failure situation for boosterentry is shownin figures 5-8 to 5-10, Figures‘~
5-8 and 5-10 are the down range components for IMU #1 and IMU #3 and thus the
plot of detect ratios are identical. It is seen that IMU #1, with 2,86 cm/sec2 down
range accelerometer bias, is isolated after 45 seconds, After 75 seconds the 2.15
cm/sec2 A-biasalong cross range has been detected and isolated, as seen in figure

5=9, The third failure, down range accelerometer scale factor error, is detected
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affer 381 seconds. Review of figures 5-8 through 5-10 again demonstrates that

detection and isolation times are independent of the number of error sources.
5.3 ORBITER ENTRY VELOCITY FDI TEST RESULTS

The two levels of error isolation and third detect for the orbiter entry trajectory
are demonstrated in figﬁres 5-11 through 5-15., The redline threshold for this
trajectory is unique in that it is represented by an exponential in time, rather than
a piecewise constant, A first failure of .75 deg/hour (50 meru) bias drift on the
z-gyro-is shown in figure 5-11. Detection and isolation time is 5502 seconds into
the flight or 1088 seconds after FDI initialization. The FDI is started at 4414 seconds

into the flight for all orbiter entry simulations,

The two failure case (figures 5-12 and 5-13) is the same as the first case, with the
addition on a5m radian inflight alignment error for all axes of IMU #2, It can be
seen from figure 5-12 that 12 more seconds (t=5514) are required to isolate the .75
deg/hr biasdriftin IMU #1. Theinflight alignment errorisisolated at 5902 seconds
into the flight or 1488 seconds from FDI initialization. This is shown in figure
5-13.

The third detect is demonstrated by augmenting the system with an IMU containing
an accelerometer whose bias is 2400wg. Figure 5-14 shows the first fail (ac-
celerometer bias) at 4430 seconds and third detect at 4831 seconds. The second
failure (inflight alignment error) is detected and isolated at 4682 seconds seen in
figure 5-15.

Notice that the orbitér cases have not shown the perfect consistency in detection
and isolation times that were evident in the nominal boost and booster abort

trajectories, and that theyareby far the most sensitive test of the FDIimplementation.
5.4 ORBITAL FLIGHT GYROSCOPE FDI TEST RESULTS

Figures 5-16 through 5-21 summarize the simulation results for the gyroscope drift

failure detection and isolation.

The trajectory for these simulations is a 100 nm equatorial orbit. The x-axis of
"the IMU is out of plane, directed north, There is a constant vehicle rate about the
x=-axis equal to the orbital rate (i.e. the vehicle is in a locai vertical mode). The
failure drift threshold is set at ,75deg/hours (50 meru). This value represents the

reentry requirement of gyroscope bias uncertainty. All drift errors put in the
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simulations are 10% aBbve this required threshold. . The gimbal angle quantization
level is assumed to be 40 arcseconds, and the AT used in estimating angular rate
is set at 120 seconds. That is, all detection and isolation variables are computed
évery 120 seconds and remain constant over the succeeding 120 seconds. Thus the

total squared error (TSE) in all the graphs appears as quantized steps.

The first failure case is represented-in figure 5-16. As mentioned previously, the
input drift is .825deg/hour (55 meru) on the x-axis, A single time step was required
to detect and isolate this failure,

Figures 5-17 and 5-18 show the results of two failures. These failures are 55
meru on the x-axis of IMU #1 and 55 meru on the y-axis of IMU #2. Both failures
are detected and isolated in one time step, s

The third detection capability is shown in figures 5-19 to 5-21. The third error is
55 meru on the z-axis of IMU #3. The first failure (fig, 5-19) is detected and
isolated inonetime step. It can be seen from figure 5-20 that the detection threshold
is satisfied in one time step for the second failure, but two steps are required to
provide isolation. The third failure is detected (fig, 5-21) after 3 time steps. It
should be noted all cruise flight simulations were also exercised at drift levels
slightly below the .75%/hr critical threshold and no detection or isolation was found.

5.5 TWO IMU FDI SIMULATION RESULTS

The simulation results in the next four parts demonstrate FDI capability when only
two IMUs are remaining and detection and isolation are at the instrument level. In
these four cases, one of the IMUs has been skewed by 60 degrees about an axis

which is diagonal to the instrument triad axes.

The first three cases represent powered flight FDI in nominal boost, booster abort
and orbiter entry. Each case demonstrates one of the three possible powered flight
detection criteria (i.e. velocity magnitude error, platform angular error, and platform
drift error).

The final case represents unpowered flight, drift error detection and isolation.

5.5.1 Nominal Boost

The nominal boost simulation is an extension of the test shown in figures 5-3

and 5-4. The error sources are 6750 ppm SFE in the altitude accelerometer
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5.5.2

5.5.3

of IMU#1, 3330ug bias in the down range accelerometer of IMU#2, and 5 mrad
accelerometer misalignment in IMU#3, In addition to these errors, an analog
torquing scale factor of -1000 ppm wasassumed to be infroduced while slewing
the IMU to its skewed orientation. Figures 5-22 and 5-23 show the altitude
navigation velocity error and the detect ratio. Slewing starts after the second
failureisisolated at time=34 seconds as shown in figure 5-3 and is completed
at 104 seconds. Detection and isolation is accomplished at t=226 when the
red line threshold is reduced. The effect of reconfiguration is displayed in

the navigation velocity error,

torquing scale factor error. This torquing error reinforces the accelerometer

‘misalignment so that third failure detection and isolation is accomplished

earlier (t=192 seconds),

Booster Eniry

The boosterentry simulation is a continuation of the three failure simulation
shown in figures 5-9 and 5-10. The error sources are 2.86c:m/sec2 down
range accelerometer bias in IMU#1, 2.15crn/sec2 cross range accelerometer

bias in IMU#2, and 5200 ppm down-range accelerometer scale factor error

.in IMU#3. The analog torquing scale factor error is again set at +1000 ppm.

Figures 5-24 and 5-25 show the down range navigation velocity error and the
velocity magnitude detect ratio. Slewing starts after isolation of the second
failure (t=60 seconds) and is completed at t=130 seconds, The third failure
is isolated to IMU#3 at t=363 seconds. Removal of IMU#3 can be seen in the

navigation velocity error.

Orbiter Entiry

The orbiter entry simulation extends the results shown in figures 5-14 and
5-15. The error sources are 2400uxg accelerometer bias on the y-axis of
IMU#1, 5mrad inflight alignment error onall axes in IMU# 2, and .75degree/hour
NBD in the z-axis gyro of IMU#3,

Figures 5-26a,b,c show the navigation error of the average IMU velocity with
respect to the perfect IMU velocity for all three axes and figure 5-27 is the
two IMU attitude drift detect ratio. After IMU#1 and IMU#2 have been removed
from the system, the major sources of error are the .75°/hr NBD on the
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5.5.4

z-axis of IMU#3 and the assumed 1000 ppm analog torquing scale factor error.
Slewing was initiated after the second failure was isolated at t=4682 sec.
The bias drift error is detected and isolated at 5602 seconds, It can be seen
that the drift error has the least éffect on the Z ‘velocity. The effect of the
analog torquing scale factor error can be seen in all velocity error profiles

at 4600 seconds, This effect is not negligible.

Unpowered Flight

The unpowered flight demonstrétioqof twb IMU FDIis mechanized by simulating
two IMUs in a skewed configuration. IMU#1 is a simulated 10' instrument.
IMU#2 contains a 55 merubias drift on the y-axis. The FDIalgorithum estimates
drift by differencing angular error estimates at two times, 300 seconds apart.
Ascan be seen from figures 5-28 and 5-29 onlyoné sample period is required
to correctly detect and isolate the failed IMU,
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6.0 SYSTEM CHECKOUT PHILOSOPHY AND PRELAUNCH VERIFICATION

Multiple IMU. inertial system checkout methods differ markedly from those of
conventional, single IMU systems. Theyenjoya significant advantage inthat internally
redundant data can be used for self checking to reasonability limits, Further, in
implementations which do not include external optical data for absolute external
alignment, the component IMUs can be initialized independently.and verified with
respect to each other. '

In view of the unique characteristics of a multiple system, an appropriate checkout
- .philoso;;h)-' a-.n.d-te_ch-ni‘que must be d_ev.e-l'oped. The Hg>oa-ls o-f Ihe_ (-:heckout remain
identical with those of earlier inertial systems: completeness and precision with a
minimum test time. To thesemust be added the requirement that the test sequences
be completely on-board and self-contained. Presumably, the inherent features of
the multiple system would be exploited during checkout, The discussion which follows
assumes a babseline system consisting of four four-gimbaled IMUs with parallel
triads mounted on a single navigation base. This discussion also applies directly
to the three IMU implementation. ‘An onboard computer monitors and controls all
IMUs., It will be assumed that no optical alignment aids are available, either as a
sextant mounted on the navigation base or an optical path to mirrors mounted on

the stable members,

This chapter comprises a brief discussion of the ch_ebckout' philosophy proposed and
describes two possible verification tests., - A multiple position test enabling solution
for accelerometer error parameters and a reasonability comparison of gyro drift
measurements with reasonability estimates drawn from previous calibration loads

is recommended for implementation,
6.1 CHECKOUT PHILOSOPHY

Interest here is directed toward a system _Verivfi.cét»i'?‘h test to be performed ":'dur._ing_-_
the countdown prior to launch. It should be emphasized that shuttle vehicle operational
requirements demand a countdown which is short compared to the multiple day Apollo
checkout. In turn, this necessitates shorter individual tests, and, further, that

individual subsystem tests become almost entirely autonomous.

In short, the shuttle vehicle requirements envisioned dictate a prelaunéh test ‘and
alignment program employing no external or carry-on GSE, no optics, and, if possible,
no human interpretation or intervention. One additional goal is to,_perform the

prelaunch verification and alignment sequence in less than four hours.
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The fdregoing_,requ’i-rements will dictate the form of the lp'relaunch’checkout.- Its-
underlying philosophy, however, follows from the goal of the test. This goal, simply
stated, is to determine that the projected performance and re11ab111ty of this system

is suff1c1ent to allow comm1ttmg the vehicle to the mission,

It must be assumed, at this point, that a considerable body of knewledge about the
characteristics of the flight hardware is available, Given this information, tests of
reliability can be devised. The Apollo IMU provides a clear example of testing
techniques devised from comprehensive knowledge of the flight hardware. The
acceleration sensitive drift term due to specific force along the gyro'sIA was normally
stable to within 0.075°/hr/g (5 meru/g). A shift of 0.375°/hr/g (25 meru) proved
to beareliable indication of impending wheel bearing failure.11 Experience proved
that a gyro exceeding the ''Delta 25 criterion' would operate with acceptable
performance for at least:an additional 200 wheel hours, long enough to carry the
IMU through an Apollo flight even if the shift was found during prelaunch checkout..
It is only from experience with a. given instrument in a system that such criteria

may be devised,

The prelaunch checkout test w.ill,,no:t serve as a system calibration procedure, It
will seek only to compare present performance (as defined by lumped ‘error

parameters) with previous calibration history, and to answer the following questions.

Are measured shifts within acceptable limits? Is the present reliability projected
for the system sufficient for the mission? In summary, are any soft failures present?
The-test must also answer.the more mechanical question: have any hard failures

occured either intermittently or continuously?

Since no external references are pi‘ovided, the only judgements which may be made
eompare the output of one instrument or IMU with another, or with an average of
all the IMUs In practical terms, this means that four values of drift about a gimbal -
axis will be measured each of which can be compared with the rest. No absolute

gyro drift term is extracted from these data,

The philosophy of the prelaunch checkout test may then be summarized. An
autonomous test is to be defined which will estimate lump drift parameters and.
measure relativedrifts., These errors will be compared with the system's calibration
history, on one hand, and with predetermined thresholds, on the other. The end
results of the test will be a projection of system reliability with a consequential
' go/no go decision. Possible remed1a1 actions will be re- compensatmn and a .full

retest, or a call for external Judgements
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- 6.2 VERIFICATION TESTS

The purpose of the verification test is to project inertial system reliability, and
determine whether it meets mission requirements. This decision can be based

only on measurements of system performance as close to actual flight as possible.

Two broad classes of verification test can be described. One seeks to measure
inertial component parameters, and use them for comparison with established limits.
Thesetests resemblethe classical procedures closely, and need not utilize redundant
properties of the system, A second class of tests measures IMU output and compares
it with output of other TMUs. Comparison might be made, for instance, through use
of the multiple IMU FDI. These tests rely on the redundant quality of available
data.

6.2.1 Testing Against Limits

The limits against which current performance are checked can be a combination of -

the mission red lines (derived in Chapter 4), or current single IMU performance
can be judged directly against the other IMUs in the multiple system.

Mission red lines have been treated extensively in Chapters 4 and 5. The red lines
for each mission phase (tables 3.1 to 3.3) may be distilled down to the following
limits (table 6.1), merely by taking the most strmgent requirement on each term.
Notice that all thresholds used must be redetermined considering the single gravity
prelaunch environment. Limits on some axes are not, in the previous chapters, as
stringent asonothers. However, testing all axes to the most demanding requirement
is sufficientand is simpler than testing against a large set of individually established
thresholds. (Red lines of parameters not included in table 6-1 exceed estimated
300 performance,)

" Table 6.1 Established Mission Red Line Performance.

Term ‘ Uncompensated Errors
Accelerometer Bias +1,77 cm/s2
Accelerometer Scale Factor Error +2010 to -6750 ppm
Gyro Non-G-Sensitive Drift -0,10°/hr',(7 meru)
Cross Range Gyro Spin Axis |

G-Sensitive Drift : 2.25°/hr/g (150 meru/g)
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The foregoing values must be compared critically withattainable system performance
and must also be updated when additional mission phases or vehicle models are
implemented. Kearfott has tabulated expected performance of its instruments (see-

Appendix A), Parameters directly comparable with those in Table 6.1 are:
Table 6.2, Estimated System Performance Uncertainties

Term : Kearfott 30 Estimate

Accelerometer Bias +0,30 cm/s2
Accelerometer Scale Factor Errorz 900 ppm

Gyro Non-G-Sensitive Drift + 0,03°/hr (2 meru)
Gyro Spin Axis G-Sensitive Drift # 0.15%/hr (10 meru)

Clearly, system performance meeting the uncertainties of Table 6,2 will easily meet
the red line values, That is, nominal system performance is significantly better
than mission requirements. Hence, it is suggested that a test to 3¢ parameters is
sufficient for checkout purposes. These limits give added confidence that all systems
are operating in their normally ékpected performance range. Mission red lines

will presently be discarded for the prelaunch verification,

The remaining suggested limit isa comparison of each IMU's output against a similar
value predicted using the measurements of all others, its own expected measurement,
For this comparison, an estimate of performance is drawn for each group of IMUs,
Comparisonof the excluded IMU with the group is thenmade, It must be understood
that the values derived represent only short term variations of actual measurements,
and should not be associated directly with IMU performance as represented by a
data - history. Thus, consider four measurements, Wi’ i=1, 2, 3, 4 along or about
each axis, Permit Wi to be either specific force (along X, Y, Z) or a gimbal axis

drift rate (about roll, pitch, yaw), Then the expected value of Wj’ <wj>_is

2w .
<w> 123 (1) (6-1)
h] 3 :
then .
AW, . = |<W.>- W, |, 1i#]
1] ] 1
1
1 272
o= [Q_ 2 (AW.) ] : (6-2)
i#j 3
€.=30.- AW,., i7?] (6-3)
ij i ij
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notice that', if any €ij is hegative, a violation has occurred. A review of solutions
for all four IMUs will serve to identify a failed system along with an indication of

the quality of all systems.

In prelauhch tests where instrument parameters can be isolated comparison with

e prescribed.limits will y}eld a decision, For those procedures where specific terms

cannot be accessed compar1son “with other IMUs must be used.

6.2.2 Testing By Performance Comparison

In multiple IMU systems the redundant mformatlon may be ut111zed in evaluatmg
performance of individual IMUs, Procedures which do not yield estimates of error

parameters can, therefore, be employed.

It is suggested that the powered flight FDI is an effective tool for screening IMUs,
With the system in a single gravity field, variations in measured AV can only be
due to instrument errors. The FDI logic, by its nature, should not be effected by
vehicle sway (as all IMUs will yield the same error specific force due to sway).
The implementation of FDI derived in Chapter 3 is designed to be mission and time
independent. In conjunction with thresholds chosen to reflect prelaunch test
procedures and desired resolution, faulty IMUs can be isolated without requiring
solution for individual terms, More details concerning use of this mechanization

will be shown‘in the next section,
6.3 TWO PROPOSED CHECKOUT PROCEDURES

Two significantly different prelaunch checkout procedures will now be developed.
The first is a fairly conventional six-position test, with the IMU sequenced so that
data is accumulated with each of the stable member axes up and down, The second
method aligns all of the IMUs Then, they are released (inertial mode), subJect to
the earth's rotation and grav1ty The powered - fl1ght FDI is then used to screen
accelerometer and gyro failures. With this test employed in three positions, all

significant g-sensitive drifts can be examined.

6.3.1 Required Assumptions

Several assumptions are made. Of primary importance, a model of the system

will be available such that there is a reference value with which to compare each
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IMUs output, Typically,thismodel includes equations for gyrosand accelerometeré

such as;

= .+ . o . .
'Wout Wm Wb1as * Wg sensitive biases +.....

aut = (am+ CHP L) (1 + KSE) KS

In these equations, the terms are taken to be physically measurable drifts which
can be compensated in the onboard computer. The model is limited to those terms
assessable by the verification test chosen. A full model of the KT-70 IMU, and a
multiple system made up of KT-70 IMUs, appears in Appendix A,

A second assumption is that an accurate calibration of all modelled parameters is
availablé 'so_ that loaded: compensation values are nearly correct. _In effect, then,
this checkout is designed to demonstrate that system performance (as it may be

compared againsta model) isnot sufficiently degraded to jeopardize mission success.

Finally, a full set of parameter variances is aséumed to be given, representing
KT-70 performance limits., Error parameter values determined by the onboard
cofnputer's checkout program are compared with these values, and appropriate
operational or non-operational decisions are made along with possible problem

diagnosis.

6.3.2 Six Position Verification Test

i
The classical form of the prelaunch checkout of gimbal systems by calibration is a
multiple position test, Measurements of gravity and platform drift in each position
are used to calculate instrument parameters. The derived parameter values may

then be compared with loaded error terms for the go/no-go decision,

It is proposed. that the instrument parameters found in such a test naturaliy invite
comparison with  pre-established limits in order to determine the system's

flightworthiness,

The proposed multiple IMU implementation includes full flight computer control of
stable member positioning, allowing autonomous, multiple position testing, Interest
is centered on a six position test in which each stable member axis is initially
positioned up and down. In each position, the platform is then released with earth
rate compensation, Accelerometer data is taken for two minutes, permitting nearly

exact solution (hence, excellent compensation) for scale factor and bias error of
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" each accelerometer Sensitive axis. Gimbal iaﬁ'g'iés are read at time z"er"c;‘,;“ar'ld'ra'g'éi‘n '
approximately at thirty minutes, in three of the posiﬁons.* Then, gimbal resolved
measurements of gyro drifts plus earth rate components may be compared among
the four initially aligned IMUs, - (It will be noted that even with an error drift of
twenty percent of earth rateabout one gyro axis, theresulting gimbal angle difference
at the test's end will be a ''small angle'. Therefore, direct comparison without

concern for commutativity errors will be possible.)

Including the time required to slew and level the platform for each position, this
test will consume three hours In1t1a1 allgnment for launch would still be required.
The full test, then, could be completed and allow initial alignment within four hours
of initiation, ’

The resolution afforded by this test is assessed as follows: the data collected in
each position must pass a reasonability test. All measured magnitudes of the g
vector must agree within a value derived from a specified tolerance on each axis.
(It is noted that the magnitude is independent of gyro errors.) The accelerometer
SF and bias values are derived from input axis up and down counts. . The dominant
uncertainty is inexact knowledge of gravity due to instrument misalignment, platform

drift over the test interval and leveling errors.

Steady state leveling errors (¢) are a function of bias and alignment uncertainties
of the horizontal accelerometers and- to some extent drift uncertainties of the
horizontal gyros. The sense of ¢ will change between the up and down positions for

each axis,

Platform drift, due to uncompensated gyro drifts, will yield an average offset over

the measurement time of:

wt

]
1]
NI»—A

The polarity of the offset remains the same in both up and down positions, Fu‘rther,

-* ‘Gyro_ drift - measurements require large time intervals for sufficient resolution
‘depending upon available' A/D resolution and. s1gna1/n01se resolution of .gimbal
information, Therefore, the proposed test limits drift measurements to the three
positions which excite the g-sensitive drifts most significant to the mission: X-up,
Y-up or down, Z-up.

*k : B X
Positions are found by leveling the two "'horizontal accelerometers''."
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“the overall mechanical misalignment, ¢‘, will alsoretain its sense. Therefore, these

two errors may be lumped together by:
6=y +p

With these definitions, theup and down measurements of the jth accelerometer may

be written:

u . )
Aoutjp = [g(cos¢cose - sin¢ sing) + ABi] /KS(1 + KSEJ-)

(6-4)

Aout?n = [g(cos¢c059 + sing sin6) + ABi] At I('7SE;;

Abj is the unknown bias of the jth accelerometer, and K‘SEj is its unknown scale

factor error. KS is the nominal accelerometer scale factor.

These two equations (6-4) may then be solved to obtain:

2g cos¢cos8 _
KSE a +_dn -1 (6-5a)
K out - outj )
where
$KsE,
[l B 2gugos9 + sing (6-5b)
. 8¢ Ks (Aoutj 'Aoutj )
SKSE,. - 2g °°S¢ 1 siné (6-5¢)
46 K (Aout] Aoutj ) ‘
and
Kg (Aoutljlp*% Aout?n) - 2g sing sin@
AB. = ) (6-68)
J
where
SARB.
—6_53— = -g sinb cos® (6-6b)
(SABj _
—~5 - & sing cosé (6-6c)
It can be seen (equations (6-5b and 6-5c)) that the solution for scale factor error is
nearly insensitive to misalignments. For small angles, with Aupt ~ - Agﬁt .
j i
6K
AK A ~ 6-17
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This shows a leveling error of 1 milliradian, equivalenf' to 1 cm/s2 of non-

compensatable bias in a horizontal accelerometer, will introduce a 1 ppm error in

the calculated KSE-' With the same small angle assumptions, equations 6-6a and
6-6b yield =3
A L.
Bj
AA .= ——=AD = g0
Bj 53 $ = -go¢

Thus, the bias sensitivitytoa leveling error of 1 milliradiantogether witha platform
drift of 0.1°/hr (7 meru) over the two minute measurement time will introduce an

error of 0.001 cm_/ s_2 in the bias determination,

Theoretical resolution of the gyro test is given by theincremental angle uncertainty
divided by-the measurement interval., The worst case present system angle
uncertainty is the sum of the gimbal angle uncertainty (2 min) and A/D quantization

(1.3 min). Thus, the 1o resolution becomes:

_ uncertainty _ 3.3 min _ Mmin _ o
Wres " time interval "33 min 0.1 min 0.17/hr. (7 meru)

The resolution is seen to be inversely proportional to test time. The one sigma
resolution cited aboveis comparable to expected system performance, and is within

mission tolerances,

If the A/D conversion is found to have good signal/noise characteristics, the
measurement of platform drift can be mechanized to eliminate A/D quantization,
Separate counts are made of elapsed angle (in bits) and time (in system clock pulses).
The time count initiated with the first pulse following the zeroeth bit (which is not
counted). The time count ends simultaneously with the last bit. Then the resolution

is given directly by the linearity of the A/D converter, ‘

Resolution of lump drift parameters is seen to be sufficient in this test, However,
it must be borne in mind that no external reference value is available for this
parameter, Onlyrelative drift of the IMUs can be compared. For this comparison,
the logic shown in equations 6-1 to 6-3 is employed. A 30 estimate of each IMU's
drift is formed using the measured drift of the other platforms. Then, the measured

drift of each is compared with its estimate,

With sufficient resolution believed available, gyroscopes meeting the criterion shown

in equation 6.3 are considered flightworthy,
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A summary of the six'position test procedure outlined would be that the resolution
availableis sufficient to show that each IMU meets mission requirements at launch,
Within stated uncertainties, accelerometer bias and SFE parameters may be
-compensated exactly. - GYro lumb parameters can be resolved to within expected
system performance levels. The time required for this test procedure is presently
estimated to be 2.5 hours. This is a conservative estimate and depends directly on
system characteristics. Including initial alignment, the full prelaunch ‘séquence

will consume less than four hours,

A flowchart of the six pbsition test appears as figure 6-1. It should be understood

that all operations must be carried out for each on line IMU,

'6.3.3_ Verification Test Using Powered Flight FDI

The second class of tests described above compares the outputs of the IMUs in
order to establish expected reliability on the basis of relativ)e performance. A
three position test which makes this comparison by using the powered flight FDI
developed in Chapter 3 is described here, ’

Each IMU has been calibrated in the recent past, Error parameters reflecting this
calibrationare loaded. All platforms are aligned initially, and are released (either
in the inertial mode or earth rate compensated) at t=0, Monitoring of accelerometers
and gyroscopes is accomplished by examination of velocity error ratios (equation
3-6). This test is. performed in three positions, chosen to excite all g-sensitive
gyfo biases, Positionsaredetermined by leveling the two horizontal accelerometer

input axes,

As a first step, the magnitude of the gravity vector measurement of each IMU is
compared with the known value. Any IMU whose measurement does not agree within

acceptable limits is flagged as having an accelerometer failure,

It is obvious that bias and scale factor errors are not separable. The output of

each measurement axis (scaled in pulses/sec) is given by

(-gj + Ag;)
Aoutij = Kg (IF K

SEij

" where i (the IMU number) = 1; 2,3,4j=X,%Y, Z., AB is the bias, I% the nominal
scale factor, and K__ the scale factor error. With each axis up only, and using

SE
each for leveling in the other two positions, separation is impossible.

) (6-10)
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'However, in this proposed test redundant measurements of gravity and earth rate
are available. These are incorporated into the powered flight FDI. A first cut at
detection, for the prelaunch verification test, examines the time history of the velocity

error ratio (Equation 3-6).

erlJ I Avel

where i = IMU 1, 2, 3 or 4, j =X, Y, Z. yave is the average inertial velocity
calculated from the outputs of all the online IMUs. Given that the only system

errors are miscompensated accelerometer biases, then itis easily established that

Ver;; X Aby; _ (6-11)

and is time independent. Clearyly, then, detection and isolation depend simply on
magnitude of the term and the thresholds used. Similarly, if only miscompensated

SFE parameters are postulated, a time independent ratio

. ij
is found. Again, detection and isolation are dependent on the relationship between
error and the thresholds chosen. Examination of Equations (6-11) and (6-12) shows
that bias and scale factor errors may be separable, but only if VERij is constant

and the test conditions are well known. In general, they remain inseparable.

Gyro drifts, on the other hand, will result in time varying velocity error ratios. If
the history of these ratios shows variation, analysis procedes through the FDI logic
presented in Chapter 3, equations 3-4 through 3-15,

Consider an IMU with adrlft rate of wabout a horizontal axis, compared with perfect
IMUs. Then (for wAt a small angle),

VerOI wat (6-13)

In theory, detection and isolationis seen tovary with the parameter error, thresholds
chosen and time. Given sufficient time, a constant error will be found. The problem
remaining is to study the trade off between resolutlon requn'ed and t1me avallable

and choose thresholds 1n hne w1th the results

97



The character of the velocity error ratio has been suggeéted for three parameters.
As shown in the next chapter, describing simulation results, observation of these

characteristics is an effective diagnostic tool.

The proposed test may be summarized, then, as follows: Using powered flight FDI
logic with thresholds chosen for prelaunch verification, gyro errors above required
resolution can be detected and isolated. Accelerometer errors can be detected
similarly with the addition of a check on the time history of the velocity error
ratio: aconstant, non-zeroratioimplies an error whichcan be detected by comparing
VERij with an additional threshold. A flowchart for this test procedure is shown in

Figure 6-2.
6.4 Conclusions

The overall conclusion drawn from this work is that each of the two suggested tests
is employable for the prelaunch checkout of a multiple IMU system. Each has sufficient
resolution. A final choice cannot be made without detailed tradeoff studies of the
candidate system and the desired resolution vs. available time and computer
requirements. Evaluation of simulations of the two suggested tests is presented in

the next chapter. The multiple position test is considered the best candidate.
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7.0 MULTIPLE IMU SYSTEM MODEL AND SIMULATIONS OF PRELAUNCH‘
CHECKOUT PROCEDURES

A digital model of the multiple IMU system has been coded, intended primarily for
simulation and evaluation of the proposed prelaunch verification procedures. The
model closely follows the single IMU model description which appears in Appendix
A. Two versions of the prelaunch test were simulated. The results of these

‘simulations are presented and discussed.

7.1 SINGLE IMU MODEL
A description of the KT-70 IMU appears as Appendix A of this report. Working
from this description, a digital model of this IMU has been assembled. Anextension
of this work led logically to coding a model of the multiple IMU system,

The model of the single IMU centers on equatmns describing the output of the gyro

and accelerometer "triads". Defining;

E;K = The instantaneous laboratory to stable platform transformation.
G,,MIS = The stable member reference triad to gyro input axes transformation.
CGSD = A matrix including all g-sensitive uncertainty terms.
EIEL = The earth rate vectors in laboratory coordinates.
QL = The gravity vector in laboratory coordinates.
BD = Non-g-sensitive uncertainty drift.

Then, with BD and C
drift (drift errors),

GSD representing the noncompensatible uncertainties of the

G* C::: W + BD + C:k G:}: C:k G (7. 1)

w MIS “JK "ICL T == 7 “GSD “MIS “JK L

ouT ~

In a gimbaled- system, these:- rates will be counteracted by counter rotation of the

gimbals., Taking C to be the’ mstantaneous representationof the resolver chain,

RESV

then the gimbal angles (G

G ang) Wil chenge accorc%ing to:

_C B

RESV WOUT (7.2)

Gang ©

Clearly, C* and C and will vary with time.

JK RESV

are functlens of GANG’
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Accelerometers are modeled using the following definitions:

*
C'JK = The instantaneous laboratory to stable platform tra.nsformatlon
%
AMIS = The stable platform reference frame to accelerometer 1nput axes transformation.
AB = A vector of accelerometer bias uncertainties.
* , : :
ACRC' Represents the measurement and cross coupling errors
in the accelerometers, given by '
1 ACXY ACXZ
Acrc T |Acyx 1 Acyz
|Aczx  Aczy = !

*
AsFM

Represents scale factor error, given by

L 0 0
+
TR
1 1
L 0 S — 0
SFM _ SF | T+Kg oy
0 (N ——
» L 1 KSEZ_

Then the output of the accelerometers, without CAPRI quantization, is_(in units of
AV pulses):

(AB ~ A" A ct G ) (7. 3)

LV = A crc Aums Sk SUR

SFM

Modeiing of readout chain errors follows the model presented in the Appendix..

Similarly, intergimbal nonorthogonalities are included in the transformation CJK
This model is noW programmed for evaluation using the digital computer,

7.2 -MU.LTIPLE IMU MODEL

Adigital model of amultiple IMU system has beencoded. Simulation of the hardware
is made simply by extending the dimensions of the equations 7.1 to 7.3 to include
twelve functional axes (four IMUs). This model isillustrated by flow chart in Appendix
B. The salient feature of the model is the representation of the gimbal a.ngl‘es by a

differential equation driven by resolved gyro drift.
Both of the prelaunchverification tests described in the previous chapter areincluded

in the programs which make up the simulation. Each has been exercised in simulations

designed to determine whether theoretical resolution can be achieved.
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7.3 SIMULATION RESULTS

Use has been made of the digital simulation of the multiple IMU system in a prelaunch
environment in evaluating the two proposed verification tests. The first of these
tests, in summary, is a six position test yielding exact accelerometer parameters
and gimbal rate estimates for comparison among IMUs. The second test initially
aligns all platforms and then monitors all instruments using powered flight FDI.
This test is performed in three orientations so that all significant gyro g-sensitive

drifts are excited. In each case, a stable base was assumed.

7.3.1 Six Position Test

Examination of simulation results indicates that uncertainties in accelerometer
parameters agree well with theoretical results. In runs for which the only errors
assumed were accelerometer bias or scale factor errors, the solution was exact.
Bias uncertainties were found to be linearly dependent upon misalignment and

platform drift.

Resolution of gyro lump parameters, using this model of the KT-70 with gimbal
nonorthogonalities, a full gimbal chain error model, but without noise in the A/D
conversion, appeared to be limited to 0.22°/hr (15 meru) in the 30 minute/position

testing period. The resolution is well within the mission redlines.

In these simulations, gyro drifts were calculated from gimbal rates. Each lump
drift derived was also measured against the standard deviation of like axis drifts
on other platforms. This method of comparison, excluding the term to be compared
from the standard, was chosen to avoid degradation of all instrument uncertainty
estimates by a single bad unit. It was verified that drifts on the order of three
times the standard deviation of the three comparable terms could be isolated with
high certainty. This indicates that the redundant quality of the datain amultiplicative

system can be used in system checkou't.._

7.3.2 Three Position Test Using FDI As Monitor

Extensive simulations with both deterministic and random errors used in the
instrument models have verified the predictions that velocity error ratios are
proportional to accelerometer bias errors and inversely proportional to one plus

the scale factor error. Resolution of gyro errors, as anticipated, is time dependent.
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Figure 7.1 shows that the prelaunch checkout procedure simulation yieid_s VER linear
in time for various drift rates. Similar data has been found in simulations with
combinations of drift terms about any two accelerometer axes simultaneously
observing proper polarity. The simulations have also demonstrated that VER is

linear with accelerometer bias and scale factor error.

Although a more complex decision algorithm will be required, it is believed that a
three position test monitoring system performance through use of powered flight
FDI will be a sufficient prelaunch checkout. The decision algorithm will have to
consider time dependence and magnitude of the VERij terfn along each axis in each

position, thirty six terms in all.
7.4 SUMMARY

To the extent that a simulation canh be trusted in modeling a real system the two
suggested prelaunch checkout tests have been shown to serve as predicted. The
six position test method appears to have advantages over FDI monitoring, and is
therefore recommended for iwo reasons. One, the former test determines ac-
celerometer errors with good resolution while FDI monitoring yields numerical
values only with difficulty. Two, a highly complex decision algorithm will be required

- for the FDI test implementation,

104



(Vo)
XA
<0
=]
vy 4
s X
[ W,
o
o.‘L’
< ox
'<_t<
P et
~ T
(o'
S Z
=
5 3
>_<
= s
} -
=
-
S W]
> 2
)
o
L
>

Figure 7,1 - V

ER ©f East Axis for Drift About North Axis
3007
280+
) 100 meru- T
2404
+4
50 meru
200+
160+
20 meru
120+
80T
10 meru.
40+
0 + + —+— { $ -
0 600 1200 1800 2400 3000 3600
TIME (s)

105



Page intentionally left blank



8.0 - LABORATORY.TEST PLAN
8.1 INTRODUCTION

It should be recognized that the test plan to follow directly addresses the laboratory
testing of three production KT-70 IMUs and their supporting electronics. This test
plan will identify'laboratory testing requirements which are of prime importance
to be able to qualify an air navigation type ISS for the shuttle mission. The standard
IMU configuration is known to contain marginal areas of performance with respect
to the shuttle mission. The testing will be designed to include evaluation of these
_ai‘eés, unless prior work eliminates this need. This will include the IMU shock
mounts, the gimbal chain calibration stability, temperature gradient effects due to
stable member temperature control, attitude control during gimbal flip, as well as
the multiple IMU system grounding problems. Many of these areas require evaluation
to develop testing techniques as well as to determine available performance. One
example of special interest_is. the development of a testing technique for gimbal
chain calibration as well as determining if the calibration stability of the gimbal"
chain after resolver updating (expected total calibration stability is around one arc

minute) iswadequate for the shuttle.
'8.2 TEST PLAN PHASES

8.2.1 IMU Calibration

‘ IM'U‘pafémetér'sensitivity tovarious shuttle flight trajectories have been previously
identified in this study. This section is concerned with the baseline calibration of
the parameters of the Inertial subsystem prior to the prelaunch testing phase. The
laboratory test plan will include an instrument calibration test patterned directly
from the pre'sent Kearfott multiple position IMU calibration set implemented in the

A7 D/E program. 12

This test will verify short and long term stability of the IMU
_instrument set and provide information to insure the adequacy of the instrument
model which forms the basis of the IMU calibration parameters. Based upon the
history of the individual instrument ,parameters, special test sequences can be

established to confirm the instrument models used in the present calibration plan.

. Two other areas will be studied in the test plan. Both areas must be investigated
. f'careful_ly if "off the shelf" IMU technology is to be applied to the space shuttle.

. The first‘study'area clbnc::érns the attitude chain calibration. The existing four gimbal

attitude chain contains’ single speed synlbhro readouts on three of the four gimbal
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axis. The present accuracy is not sufficient to do the normal in-flight alignment,
During alignment, the IMU is commanded via the computer to attain a known stable
member inertial frame (derived from the common navigation base optics system)
as a reference frame to perform the entry mission phase. Various accuracy
predictions have been made of the ability to calibrate these synchro chains including
A/D electronics, and to determine the gimbal orthogonality, gimbal zero reference
stability and the fourth gimbal offset characteristics. The total gimbal chain
calibration tolerance, as observed by the expected accuracy of the three Euler angles
oriénting the body with respect to the stable member reference frame, is expected
to be about two milliradians about each axis after calibration. This uncertainty (if
it is true)‘still represents a large error source in the normal entry trajectory
phase. Itis believed that overall gimbal calibration stability can be greatly improved
by replacing the synchros with multispeed resolvers, This retrofit should be
implemented and evaluated. The ability to calibrate an operatiohal system is dependent
upon the basic angle readout stability over 360 degrees, and bias (offset) sensitivity
to air coolant temperature changes. The air coolant.system temperature variation
and active stable member temperature controller set up a conductive temperature
gradient in the KT-70 system in which the angular encoders are mounted. The
actual temperature sensitivity of the gimbal calibration should be established by
the planned testing. Another shuttle gimbal chain calibration uncertainty results
from the unknown stability of the laboratory gimbal calibration of the IMU across
the boost flight environment. The present failure detection implementation in powered.
boost flightisnot directly dependent on the gimbal chain but uses the stable member
incremental velocity output for detection andisolation of accelerometer and gyroscope
malfunctions in this flight phase. It is essential, however, that the established IMU
calibration survive the boost profile within known sm all residual offsetsto accomplish
acalibrated in-orbit IMU alignment prior toentry. Of special interestinthis testing
phase is the evaluation of the IMU ishock isolation mounts. The maximum offset
with known g loading must be determined, to establish the adequacy of the attitude
control loop during boost. The residual alignment offset is also required for the
transfer of the prelaunch calibration information intothein-orbit alignment problem.
Another possible candidate method, if necessary, would be the in-orbit IMU alignment
verification. This is based upon the evaluation of gimbal angle data using a‘set of
known gimbal orientations with the system inertially referenced over several orbital
periods. This method of gimbaled IMU in-orbit calibration for accurate attitude
determination has been shown to be quite sensitive by a Draper Laboratory study
performed toinvestigate fine attitude determination capability of a\,gimbaled. system

for satellite application.13
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8.2.1.1  Instrument Parameter Verification

The three IMU instrument parameter verification programs are aminor modification
of fhe'single IMU calibration program developed by Sperry Rand for NASA/I\/[SFC.14
The modifications presently envisioned pertain to the I/O data handlers and the

addition of a routine for printout of all calibration parameters determined. That

. -is; ‘the prograrh will be made compatible with ‘the MIT Processor Interface Unit

hardware data formats. The program will also have the ability to compute, save
and verify the following parameters for any one of the three IMUs. IMU selection

can be either automatic or operator controlled.

DX, Y, Z average gyro drift

MGX, Y, Z gyro torquing scale factor

‘BLX, Y, Z accelerometer low gain average bias

BHX, Y accelerometer high gain average bias

KLX, Y, Z accelerometer low gain average scale factor
KHX, Y accelerometer high gain average scale factor

The verification is mechanized by measuring and filtering North and West velocities
and the heading rate at thirteen automatically selected IMU positions.

A Kalman Filter incorporates measurements of North and West velocity and the

heading rate in estimating the following seven errors.

VN - North Velocity error : w, - Earth Rate

VE - East Velocity error w, = North Gyro Drift
CPN - Platform tilt abait North axis wE - East Gyro Drift

(/) - Heading error Yy T Azimuth Gyro Drift
¢E - Platform tilt about East axis

The filter operates at ten. second intervals after the platform has been stablized in
one of thirteen positions. The filter is reinitialized for each position, The
dynamic error model in this testing can be represented by the following equations:

VN

-K_ VN + gop (8-1)

VE = -K g VE - g (8-2)
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. 1+K
® YA

N C WVE - (we Sin7\)¢E (8-3)

U= Ky VE + (@, Cos\ By + Kyqwy ' - (8-4)

E = -:&éVN + (w_Sin\)P - (w_CosA)¢ (8-5)
- BNoRTH e N e

G = 0 (8-6)

Wy = 0 | (8-7)

X = [F] X where n = 1, 2,...,10 seconds (8-8)
~n n n-1
The state transition matrix is then
$(t + 10, t) = F10 Fq-——F1 (8-9)

The linearized relationship between observables and state variables are;

VN = VNIneas (8-10)
VE = VEmeas (8-11)
K54 VE + (we CosA) E + K47wU=_ ¢meas (8-12)
That is,
Y eas © HX (8-13)
where
1 0 0 0 0 0O O
H=1]0 1 0 0 0 0 O
0 K54 0 0 w, Cosx O K47

Thus, at ten second intervals the following equations are evaluated.
i

A ”~

X+ 10" &t + 10, t) }_gn (8-14)
$-uf 8-15
X=HZX 4 49 (8-15)
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N
SM=Y-Y (8-16)
(Y are the measured velocities and heading rate)
, . T
Pt +10° ¢Ptd> (8-17)
(P is state covariance matrix)
. T s T -1
Kt+10_Pt+10H [HPH» +R] (8-18)
(R is the measurement Co_varia.nce matrix)
> . ;
Pre1o0” Fre10 " Krv10¥ Prvgo (8-19)
A N
Ziv10 " Zp 10" Krr1o M (8-20)

The estimated states are now used in the verification sequences described below to
estimate gyro drift and gyro scale factor prior to measuring accelerometer bias

and accelerometer scale factor.

Calibration Sequences and Positions

Position #1 . Filter for at least 1800 seconds in position. 1. Then store
w the following:
z N DELUA =¢
x . =W
DNA N
V< DUA = wy

DZRA = DZRA + DUA (calibrate Z gyro drift)

Tosition #2 Filter for at least 500 seconds
DELUB =¢

DNB = -wN .
DX = DNA - @_Cos Al - cos(DELUA) )

W DXRA = DXRA + DX (calibrate X gyro drift)
DY = DNB -w,Cos A(1 - cos(DELUB))

S DYRA = DYRA + DY (calibrate Y gyro drift)

M

Position #3 Filter for 500 seconds
U ' DELUC =¢

z = -
DNC ‘-UN
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Position #4 DELUD =

DND =lyy
w DELU2 = DELUB o Cons
z N ‘ |
7 DELU4 = DELUD + 2NA * DNC)
2{y, CosAa
—E Gy
: DND - DNB .

KGY = + 1/2[(cos (DELU2)+ cos (DELU4)]"

Z(oe Cosx
(relative change in Y-gyro scale factor)

DY = -1/2 [(DNB + DND) (1 +AKGY) -
~(cos (DELU2) - cos(DELU4)y, cos)\)|

(1+ AKGY) (DELUA - DY)

DELU1 Cue Cos n

1]

(1 + AKGY) (DELUA - DY)

DELUS3 = W, Cosx

DNA - DNC

_ \ - DNC . ' 1a1] -1
axcx = AEBRIC 412 [cos (DELU1) + Cos (DELUS)]

(relative change in X-gyro scale factor)

DX = 1/2 [(DNA + DNC) (1 + AKGX)
- (Cos (DELU3) - Cos (DELU1)) (g Cos \]

MGX = KGX + (1 + AKGX) (calibrate X-gyro scale
factor)

MGY = KGY + (1 +AKGY) (calibrate Y-gyro scale
factor)

DXRA

i

DXRA + DX (refine X-gyro drift calibration)

DYRA = DYRA + DY (refine Y-gyro drift calibration)

measureAVZ in up position at lowgain

CAPZU = AVZ

Position 4,1 Same as position 4, except Z gyro torqued with a square wave signal.

Filter for at least 500 seconds
DELU9 = ¥
K9SEQ = &y
DZRA = DZRA - (K9SEQ -1){, SinX
(refine Z gyro drift)
KGZ = K9SEQ - KGZ
(calibrate Z-gyro scale factor)

Return to Level position 4
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measure AVX, AVY over 100 seconds at high gain.

- HXSQIO = AV
HYSQIO =AVY

Position #5
u

\\5,\-

Yl

3
Position #7

4

Position #9.1

X-CASE

Measure AV

Measure AV

Measure AV

} High gain in level position

Measure AV, over 100 seconds at low, high, low gains.

X
X1SQl1 = AV, Low gain at 3° above horizontal

X25Q11

AVX High gain at 3° above horizontal

X35Q11 = AV Low gain at 3° above horizontal
x over 100 seconds at low, high, low gains,
X1SQ12 = AV, Low gain at 3° below horizontal

X

X25Ql2 = AV High gain at 3° below horizontal
X35Ql2 = AV, Low gain at 3° below horizontal
over 100 seconds at low, high, low gains.

Y
Y1SQ13 = AV, Low gain at 3° above horizontal

Y25Q13 = AV, High gain at 3° above horizontal

Y35Ql13 = AVY Low gain at 3° above horizontal

v over 100 seconds at low, high, low gains
Y1SQl4 = AV, Low gain at 3° below horizontal
Y25Q14 = AV, High gain at 3° below horizontal
Y35Q14 = AVy Low gain at 3° velow horizontal

This is an intermediate position in which no computations

are made.

Measure AV, over 100 seconds in the down position using

z

low gain.

CAPZD = AVZ

2 T

KLZ = SAPZU - CAPZD

(calibrate average Z-acceleromeier low gain scale
factor

RLz - CAPZU + CAPZD

2AT

KLZ
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"Position 10

A=A

z
Y
D

Position 11
K3
Y ’x
D

Position 12
u
Yy
Z .
x

Position 13

w
V—JA/Y
Z B

Me asureAVY

using Low gain

over 100 seconds in down position .

CAPYD = AVY |

Measure AVX over 100 seconds in the down position

using Low gain.

CAPXD = AVX

Measure AVY over 100 sec in the up position using

Low gain.
CAPYU =AVY

2 g AT

KLY = ~ABYU - CAPYD

(calibrate Y-accelerometer low gain average scale
factor)

KLY = -KLY (convert to east reference)

_ (CAPYU + CAPYD)
BLY = AT KLY

(calibrate Y-accelerometer low gain average bias)

MeasureAVX over 100 seconds in the up position

using Low gain

CAPXU = AVX

- 2 gAT
CAPXU - CAPXD

KLX =
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(calibrate X-accelerometer low gain average scale
factor)

CAPXU + CAPXD

BLX = S AT

(calibrate X-accelerometer low gain average bias)

KEX = (X1SQ11 + X35Q11) - (X18Q12 + X35Q12)
2 (X2SQ11 - X25Q12)

(calibrate X-accelerometer high gain average scale
- factor) - - - -- . - - - .

(Y1SQ14 + Y3SQ14) - (Y1SQ13 + Y35SQ13)

KHY = 5 (Y29014 - Y25Q13)

(calibrate Y-accelerometer high gain average scale
factor)

BHX JI@(%MM) . BHX

(calibrate X-accelerometer high gain bias)

(kY )(HYSQIZ)

BHY = AT + BHY

(calibrate Y-accelerometer high gain bias)

With this last calculation, verification of this IMU. is completed. The appropriate
parameters are stored and displayed, and the procedure is repeated on the next
IMU. '

During the entire test plan execution it is assumed that all calibration parameter

results will be documented for continuing stability evaluation and analysis.
8.2.1.2 Gimbal Chain Calibration -

An accurate attitude determination of the IMU stable member orientation with respect
to a known body frame is of importance for rendezvous and entry performance as
well as the verification of FDI initialization during prelaunch, The gimbal chain
error sources consist of the synchro zero offset, readout errors over 360° at the
A/D converter output, the gimbal offsets and non-orthogonality errors of all gimbal

assemblies including the slaved fourth gimbal axis.
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There is no proven method known to this author for calibrating the gimbal chains
of the present air navigation subsystems at the ISS operating level. Historically,
ApolloISS was carefully calibrated and aligned to provide the capability of accurately
pointing the stable member triad of accelerometersto performthe in-flight alignment
of the subsystem stable member in a reference inertial frame established by the
optical subsystem. The Apollo IMU calibration method is based upon establishing
accelerometer axes in the local horizontal using a series of orientations of the
gimbals when the ISS is mounted on a carefully calibrated positioning table. By
zeroing the gimbal axes at a multispeed resolver null and establishing the local
horizontal to attain specific accelerometer nulls using the fine positioning of a test
table and compensating known instrument bias effects, i is possible to completely
calibrate the stable member with respect to the ISS navigation base. The gimbal
readouts afe then calibrated by directly comparing the A/D output with a positioning
table over 360° after the associated gyro loop is inertially stabilized.

The angular calibration implementation described for Apollo is not directly
transferable to the present ISS candidates since no accurate gimbal zeroing loop is
available with the present synchros. These systems do, however,.have an accurate,
~ finely quantized accelerometer loop implementation which might be directly applied

to the angular calibration problem,

The calibration procedure for the gimbal readouts including the implemented A/D
conversion electronics is relatively clear. It can be done by the ISS in the inertial
mode (calibration axis perpendicular to earth rate) by compensating for earth rate
and instrument uncertainties as well as possible, and then driving the gimbal axis
in steps through 360° using a positioning table to refe.rence the gimbal output readings.
Another method would involve gyro torquing the calibration axis and simultaneously
recofding the gimbal output and the torquing history. This technique could be
implemented entirely without the use of a positioning table and thus be available as

a technique for pre-launch testing.

Another gimbal readout calibration method involves maintaining the stable member
in the local vertical mode while using vertical earth rate compensation to maintain
the remaining axis inertially stabilized. Each gimbal axis would be stabilized in
the vertical position in turn and the 360° gimbal calibration would then be ac-
complished with either the vertical axis gyrotorquing or the multiple table positioning

methods.

Notice that thus far, only the gimbal axis calibration has been addressed, calibration
of the fundamental error sources associated with gimbal non-orthogonalities and
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the stability of the synchro's zero reference have not been considered. These error
sources will certainly change between IMU assembly and ISS usage or whenever
the ISS system is disassembled for instrument or electronic replacement. These
errors may also be sensitive to temperature gradient changes from either the stable
member controller or the outside environment. For example, in Apollo a single
gimbal axis offset term would often change up to plus or minus two arc minutes
due to reassembly of the gimbal axis hats. It should be noted that these error

sources will remain to be analyzed after the multispeed resolver retrofit.

An efficient way to isolate these error sources in the ISS operating configuration is

to lock the gimbals in accurately known positions and utilize the accelerometers to

establish the stable member position with respect to various gimbal axes. The

number of test positions required must be sufficient to isolate the known orientation

error terms. These terms will include the four gimbal axis non-orthogonalities,

the four gimbal offset errors; the accelerometer misalignments with respect to the

reference stable member triad, the accelerometer bias, and the appropriate fixture

misalignments. This technique is similar to the one successfully implemented in’
the Apollo ISS testing.

This testing method requires an external positional servo to electriéally lock the
gimbal orientations. This servo uses the amplified error voltage to derive an
appropriate torque motor current for maintaining gimbal null. Testing is required

in this area before the practicality of this approach is known,

Another possible gimbal calibration method is to record the accelerometer triad
orientation in the known gravity field, with the gimbal axis readouts. This data
would then be used to solve the gimbal chain calibration equations without a

requirement for the electrical gimbal lock.

Data obtained during this testing phase must be documented. All error parameters
must be evaluated for test stability and an investigation made to define the gimbal

error compensation modeling.requirements.

When a test procedure is defined and implemented it is anticipated that the acquired

data will be outputted on the support typewriter.

In review, the calibration of the gimbal axis readout and electronics about the compass
rose is straightforward. Three approaches are outlined.. The approach presently
favored is to fine position the stable member in the earth frame, and appropriately

compensate the inertially stabilized system while simultaneous recording the torqued
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gimbal axes A/D output with the instrument torquing history. The calibration of
the gimbal non-orthogonality and axis offset errors is not so straightforward and
will represent a problem, which must be solved even after the multispeed resolver .
retrofit. Calibration test techniques must be investigated further,-the development
of a calibration technique without direct dependence upon the gimbal locking' positional

servo loop is required.

8.2.1.3 Gimbal Flip Region Evaluation

Another fundamental uncertainty inthe use of a production type four-gimbaled system
in the shuttle mission is the ability to operate normally in the region of gimbal
flip. Throughout the multiple system simulations presented in this report it has
been assumed that the ISS mounting is such that the normal outer roll axisis designated
the orbiter pitch axis and the normal pitch axis becomes the orbiter yaw axis.
This permits the defined azimuth axis to become the orbiter roll axis. The normal
KT~70 gyrocompassing program may be used as the single two-degree of freedom
accelerometer orientation is unaffected during prelaunch. This orientation is
nominally free of ''gimbal lock'. Gimbal lock .will occur only if the orbiter yaw
angle becomes plus or minus ninety degrees with respect to the orbital plane. It is
possible to keep the system from operating in the '"gimbal lock'" regions by using
mission constraints but it should be determinedif these constraints are even required.
For example, is active management of attitude possible during gimbal flip? If not,
simultaneous flip of all IMUs should be avoided, possibly by non colinear mounting
of the IMUs. The problem of constraints is also of primary irnportahce during two
IMU operation where the orientations have been skewed to permit instrument axis

voting.

The basic testing task, then, is to determine whether any performance degradation,
temporary or permenent, can occur because of gimbal flip. During flip, it is desired
to obtain a continuous attitude indication and a performance evaluation of the inertial

components,

The gimbal flip region may be entered slowly or at a high angular velocity. The
gimbal flip velocity will be a function of the conventional pitch angle 6 and the servo
characteristics. Therefore, it is desirable to determine the gimbal angular velocity

as a function of pitch angle and yaw gimbal rates.
The proposed basic test technique is as follows: The system is initialized in the

inertial frame with roll axis-north, azimuth axis-down, and pitch axes-east, along

table trunnion axis. .
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The azimuth gyro will now sense the major component of gimbal velocity. Thé
19.2 k¢ gyro preamp output of the azimuth gyro will be monitored during the test
sequence using the automatic test point scanning capability of the SSCMS test facility.
A near null signal during the maneuver would be an indication of flip integrity.
Gyro data on the maximum pick-off output (i.e., at gyro stops) should be obtained
from Kearfott prior to testing. Also monitored will be all the available gimbal
A/D output data along with the slaved gimbal standoff angle.

The test is performed in the following manner: First, the system is stabilized in
the inertial mode, preferably with earth rate and other drifts being compensated
via the digital torquer. The test table would now be rotated about the trunnion axis
(hence, changing the pitch angle proportionately) to a selected increment. Then,
the table top would be rotated (simulating a yaw maneuver) to approximately 90°

from its initial starting point.

The test sequence in Table 8.1 is suggested as a starting point. The azimuth gyro
error signal should be monitored on a fast response analogue recorder and the
gimbal readout used for deriving gimbal\ rates over the monitoring interval. The
gimbal loop fault monitoring system might also indicate if the gimbals are lagging

the gyro error signals.
Table 8-1
First Second

T.A. Position from Position R.A. + 90°
Test No. Initial Point Via the Following Slewrate

1 -10° 109 sec.
2 ©-30° 10°/sec.
3 -50° 10°/sec.
4 -70° 29/ sec.
5 -90° 2°/sec.

The SSCMS will be used during this test sequence to provide a record of each test
on magnetic tape for analysis. This tape will contain a simultaneous history of all
four gimbal axis angles and rates, gyro error signals, and a record of table angles
vs. time. This data may also be displayed at intervals on the HP2116B CRT.

8.2.2 Gyro Compassing Multiple Systems

The fundamental alignment program for the KT-70 system will be developed by

Sperry Rand for NASA/MSFC.15 A revision to this program will be required for
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multiple system gyrocompassing to provide vertical gyro torquing logic to zero the
azimuth error. In addition to the I/O modifications identified earlier for hardware
data format compatibility,' the Ground Alignment sequence will be capable of
simultaneous and independent alignment of up to three KT-70s. It is planned.that
the short term bias data from each IMU be calculated and automatically used for

instrument compensation. This bias data will also be collected and analyzed..

The automatic test station interface will be used in the gyrocompassing test phase
for data acquisition and display. Data will be transferred from the 47-CP2 to the
test station using afixed format. Among the test paramefer transferred are attitude,
attitude rate and attitude error. These parameteré as well as other test variables
will be saved on magnetic tape for later analysis. Using the HP2116B CRT, the

real time display of these parameters will be available. Figure 8.1 represents a »

possible CRT gyrocompass display.

It may be required to convert the Sperry Code from floating point to fixed point

arithmeti¢ in order to reduce the real time load.

8.2.2.1 System Testing

This testing phase will verify the complete software implementation and hardware
performance attained by gyrocompassing multiple systems. Initially, verification
will be made on each IMU individually. This will be a single IMU test series to
verify the X and Y gyrodrift estimates, and the response time of the vertical erection
and azimuth loops. After this single IMU testing a series of tests will be conducted
toverify each IMU syétem is truly independent. This is done by checking the individual
gyrocompass settle out residuals and response time in a multiple system
. implementation. In addition known instrufnent miscompensation can be applied to

check the individual IMU _offsets using the gimbal attitude information.

8.2.2.1.1 Single IMU G/C Verification

I. IMU instruments are to be recently calibrateds.
Put the IMU into normal G/C and allow the system to settle out.
Use the capability to torque the stable member from the inertial mode
to attain a known angular offset in three dimensions. Reinitialize G/C
mode and carefully use the SSCMS facility to acquire a record of the
gimbal angles vs. time on magnetic tape. Plots of loop response and
settleout offsets can then be generated. This testing should be done

with both initial positive and negative offsets to verify software.
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Figure 8.1 - HP2116 Display (Gyrocompass)
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4. Verify the X and Y short term drift compensation estimators by
miscompensating the last instrument calibration value stored in the

computer.

8.2.2.1.2 Multiple IMU G/C Verification

1. Single IMU gyrocompass gimbal angle history should be available from
prior testing. » » ) .

2. Run the multiple IMU gyrocompass program and verify that the gimbal
angle history is unaffected during multiple system operation. This should '
give. an indication of the status of the multiple IMU grounding quality
as well as verification of independent software. '

3. - Miscompensate the appropriate terms in a singlé IMU's instrument
calibration stored in the computer and record on magnetic tape all gimbal

angles as a function of time for later plotting and analysis.

8.2.2.2 Basic Ground Alignment Program

The following is an explanation of the sequences and equations required to accomplish

the ground alignment program.
Sequence 0
" Condition for initiation: operator selection, ground align and system

ready discretes are on.

Purpose: to slew the platform -900 from- its flight orientation

gyro torquing rate requirements:

wy =we cos A - DYRA

Sequence 1

Condition for entry: 60 seconds to slewing have elapsed.
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Purpose: tomeasureleveling errors. gyrotorquing ratesrequirements:
Wy = "Pxra

wy =we cos A - DYRA
w, =we sin X - DZRA

Measure velocity errors over 5 sec.

5
Vy = KHY z AVy - BHY 5 sec
At=0
5
VX=KHX z AVX-BHX 5 sec
At=0
. Compute level errors
A%
P =3
0X1 g 5 sec
v
0 X

oY1 - g 5 sec
Sequence 2

Condition for entry: 5 seconds have elapsed in sequence 1.

Purpose: torque out gross level errors, while still earth rate

compensating,
6
0X1
let At =
' X Wmax - "Dxga’
At = %0x1
Wrnax ~ (W €OS A - DyRa’

Torque at maximum rate:

X gyro for Atx seconds
Y gyro for AtY seconds

Torque remaining gyros for At sec where applicable, using
“x = "Dxgra

‘“y =we cos A\ - DYRA

w, =we sin A - DZRA
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Sequence 3

Condition for entry: At seconds elapsed in sequence 2,
Purpose: refinement of level. Gyro torque during computations at rate

given by equation (8-22) over 15 seconds compute:

(SNOENV, ) -5 (N? vy NS N%)

1
LN Z 3.2
x A (5 N2 NY - (3N
where At = 0,2 secand N=1, 2,..., Nf with Nf.At = 15 sec
then let
A
9 =Y
0X3 g
Ax
%v3~ g

Torque out these angles in the same way as Sequence 2 equations (8~25) ar;d (8-26),
Reiterate Sequence 3 sixteen times; unless operator has indicated otherwise.
Sequence 4

Condition for Entry: Sequence 3 has i)een iterated 16 times.

Purpose: measure azimuth error and to further refine level. Gyro

torque during computations at rates given by equation (8-22), Over 80

seconds, evaluate equations (8-27) with NFAt = 80 secondsthen compute;

Ax
%ve = "5
A
0 =_X
0X4 g
2B
¢E4 = (--~g— + (we sin MGOY4)/we cos A

torque out O ovar 90x4 @S in Sequence 2 equations (8-25) and (8-26),
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Sequence 5

- Condition for Entry: angles have been torqued out,

Purpose: to torque out azimuth error

Periodically (At = 0.2 sec) compute horizontal velocity
Ve Kix AVy  Brxbt-K, Vo
A - -
Vy KLY Vy BLYAt K2 Vy

update gyro leveling rates and torque X, Y gyros at

w = _K_LLV.Y_ D
X R "“XRA
v
wy =wg cos M+ Ky gt~ Dypy

Compute time to slew out azimuth error

¢ = ¢E4
S w 'wesinx

max

and perform azimuth slew for the period of time.
Sequence 6

Condition for Entry: azimuth error has been slewed out.

Purpose: calibrate y-gyro drift.
Torque gyros during computation at rate given by equation (8-22)
over 200 seconds evaluate equations (8-27),

then compute tilt angles and drifts

A
S0x6 =—Lg 2B 2B
D =_X D = ~—
Ax X g y g
90y6 T g
estimate Y drift
Dx 200
DYR - DY - (we cos A)(1 - cos¢E6) + (we sin )‘)(90x6 +—z'—)
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a failure will be indicated if

D -D

YR vra 1 deg/hour

Otherwise:

DyRrA = DYR

Sequence 7

Condition for Entry: calibrated Y-gyro drift variation is acceptable.

Purpose: slew about azimuth to orientation shown below

Derive X, Y torquing rates as follows. Compute VX and V

and compute rates as:

= 1Y 'Y

w, =W, cos A - R DXRA
o sy Vx|

y R YRA

Compute time to slew
o
. - 90"~ - </JE6
7 Whax ~ Ye _sm)\

Slew about azimuth at max rate for t7 seconds
Sequence 8

Condition for Entry: Azimuth slew complete
Purpose: platform leveling and stabilization
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Set o = 0 Compute gyro torquing rates

=W COS Acos a -
Wy T % Dygra

wy =we cos A sina - DYRA

w, =W, sin A - DZRA
Rvepeat Sequence 3 five times.

Séquence 9

Corid'it_io_h for Eﬁtry: _sequénce_3 has been {ter;té_d 5 times
_ Purpose: calibrate X gyro drift

Confi_mié to torque using equation (8-37)
E‘va.luafe,._io've'_r'ZOO seconds, ‘equations (8-27)

Compute tilt angles and drifts -

A

%x9 ~

6. = _ﬁg{_'

C0y9 g
2B

DX =_.El
2B_

Dy ==~

Compute total X-gyro drift

D_200

; —_
sin A (GOyQ + )

DXR = Dx - (g)e cos A)(1 - cos ¢E9) -w 5

€

An error condition exists if

Dyg - Dxga <1 deg/hour

Otherwise

DxrA = Pxr
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Sequence 10

Condition for Entry: X-gyro drift variation is acceptable
Purpose: platform errection and prepared for Navigation

Let

%0x10 = ~fpxg ~ Dy 200
%0y10 = 6y - D 200
@=atigg

Torque out these angles using the procedure of sequence 2 (equations (8-25) and
(8-26)) using the following rate definitions

»wx=wecos)\cosa-DXRA

“’y =we cOS A sing - DYRA

wz,=we sin A - DZRA

Continue to earth rate compensate until operator selects new mode.

8.2.3 Prelaunch Verification of Multiple Systems

As discussed in Chapter 6 two methods are proposed to completely verify the
performance within mission requirements of each IMU with respect toall operational
IMUs,. At least three cardinal positions are required to insure verification of all g
sensitive as well as time dependent error sources. Itis our present position that
a six position test method be implemé-nted for prelaunch verification. The six position
test (flow gram in Chapter 6) is very closely associated with the IMU calibration
both in data accumulation methods and in multiple positioning requirements,

The testing of this method will consist of a complete calibration to insure very
small uncompensated errors, Thisis followed byan evaluation of the mechanization
of the six position method by introducing known instrument miscompensations and
checking the verification method threshold values versus time.

8.2.4 Land Navigation Performance Verification
Theland navigation program, developed by Sperry Rand, will operate from information

provided by the velocity FDI. Each individual IMU output is compensated and data
from all operational IMUs is averaged before utilization in the program,
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The navigation program will integrate the delta velocity in an inertial coordinate
system. Gyro torquing rates will be computed and mechanized to maintainall KT-70s
in the inertial frame. It is presently assumed that vertical information will be
clamped by the constant earth radius for laboratory fixed navigation. Periodically '
(every 2 seconds), latitude, longitude and heading will be compﬁted for display and
recording by the HP-2116b test station. A possible CRT display format for the
land navigation phase is shown in Figure 8.2, This same data will be acquired on

magnetic tape for subsequent analysis of navigation performance.

8.2.4.1 System Testing

This testing program will be principally self evident and directly depend upon the
reasonability of performance in the output position and velocity error profiles. If
the land navigation program validity becomes subject to question it can easily be
verified by introducing known instrument compensation errors and verifying the
average velocity error effects inthe land navigation performance against documented

sensitivities.

8.2.4.2 Land Navigation Program

Condition for entry: the operator selects land navigation mode while the system is

in the gyro compass mode, .

The three direction cosines are initialized as

C = COS A COS «
xx0

nyO = -cos A s;n a

szO sin a

Where o = the heading offset and A = the local latitude. Every major cycle (.2 sec)
the velocity FDI computes the average horizontal delta velocity:

AVX = average of operational IMUs (KLX XCAPRI PULSES

- By x 0.2)

AVy = average of operational IMUs (KLY YCAPRI PULSES

These are integrated as, - By x 0.2)

V(t)=V (t-0.2)+AV_+0.2{P +2w C_}V (t-0.2)
X X X Z e xz! 'y

0.2{P, +20, C }v,
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NAVIGATION

ATTITUDE
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ROLL
AZIMUTH
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ROLL
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LATITUDE
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FAIL STAT
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X
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X
Y
z

TAB ANG
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1.
2.

IMU 1

- XXXXX, XXXXX
XXXXX. XXXXX
XXXXX. XXXXX

+ i+ I+

XXXXX. XXXXX
XXXXX. XXXXX
XXXXX. XXXXX

H i+ +

XXX, XXXXXXX
XXXXX, XXXXX
XXXXX. XXXXX
XXXXX. XXXXX
XXXXX., XXXXX

X
+ XXXXXX

T XOXOXXXXXXXX
EXXXXXXXXXXX
T OXXXXXXXXXXX

+ 1+ 4+ 1+ + B

E L XXXXXXXXXX
£, XXXXXXXXXX
ZXXXXXXXXXX

X, XXXX
X XXXX
X. XXXX

XXX, XXXX
£ XXXXXXXXXX

+ W+

T XXXXXXXXXX
£ XXXXXXXXXX

XX XXXXXXXX

IMU 2

£ XXXXX. XXXXX
EXXXXX. XXXXX
E XXXXX. XXXXX

2 XXXXX XXXXX
XXX XXXXX
2 XXXXX, XXXXX

X
4 XXXXXX
£ XOOXXXXXXXX
2 XXXXXXXXXXX
HXXXXXXXXXXX
+ XOXXXX
t X, XXXX
1 X XXXX

3 XXXXXXXXXX
+ XXXXXXXXXX

IMU 3

T XXXXX. XXXXX
2 XXXXX. XXXXX
3 XXXXX. XXXXX

XXX XXXXX
3 XXXXX. XXXXX
E XXXXX, XXXXX

X
* XXXXXX

EXXXXXXXXXXX
FXXXXXXXXXXX
XXXXXXXXXXX

XXXXX
X XXXX
X XXXX

1+

EXXXXXXXXXX
EXXXXXXXXKX

Figure 8,2 - HP2116 Display (Land Navigation)



DEBUG

IMU 1 MU 2 IMU 3

GIMBAL ANGLE

PITCH XXXXXX XXXXXX XXXXXX

ROLL XXXXXX XXXXXX XXXXXX

AZ IMUTH XXXXXX XXXXXX XXXXXX
DELTAV X * XXXXXX  * XXXXXX £ XXXXXX
DELTAVY =* XXXXXX XXXXXX % XXXXXX
DELTAVZ + XXXXXX 1 XXXXXX 1 XXXXXX
GYPTOX = XXXX XXXX XXXX
GYPTOY =+ XXXX % XXXX % XXXX
GYPTOZ = XXxx * XXXX % XXXX
DISCRETES XXXXXX XXXXXX XXXXXX
SLEW XXXXXX XXXXXX XXXXXX
TAB ANG * XXX, XXXX
TIME XXXXXXXXX KX
VARIABLE FIELD

1. FXXXXXXXXXXX EXXXXXXXXXKX EXXXXXXXXXKX

2. EXXXXXXXXXXX EXXXXXXXXXXX EXXXXXXXXXXX

Figure 8,3 - HP2116 Display (Debug)
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V() = Vit - 0.2) +AV_ - 0. 2{p, + 2w, C_ }V_ (1)

+0.2{P_+2uw C 1}V,

Where VZ (vertical velocity) is determined either from external information (e.g.
altimeter) or a canned profile,

The velocities are thenused toupdate the platform rates relative to the earth frame.

o zgcxx ny v, +(1- 2£c vl

X
R(1 - 2£) +h + 3R£cXZ
o - 2£CXX ny V. +(1- 2$cxy <
J R(1 - 2-5) +h+ 3R£cxz

The altitude, h, is also derived from external information,

C_P +C__P
p =._._XX"x Xy 'y
z C + 1
XZ

The three direction cosines are updated.

= - P

CXx CXX + 0. 2(ny P, Cyr y)
cXy = ny + 0. 2(cXZ P_-C,, PZ)
C,, = C,, * 0_' 2(C Py - cXy PX)

Finally, the gyro torque rates for each major cycle are computed.

wx =(")ecxx-l- Px B DXRA+ D

= -D
+
y e ~xy y YRR Duy

wz=wecxz+Pz_DZRA+D
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These are converted to period between pulses for the gypto output handler,

Every 10 major cycles (2 seconds) an output cycle will commence to compute the

following navigation parameters:

IMU Heading:

R

10

Lt

[+}]

: ]
-

]
Lo
M

S—

A= tan"! X2
C__cosa-C__ sinca
Xy Xy
North and East velocity:
V.=-V_sing -V cosa
E X y :
VN = VX cos a’ - Vy sin o

Longitude:

V. cos o

=9 +(2 seconds)ﬁ—
XX

Vehicle heading:
TH=¢-a
where ¢ is the azimuth gimbal angle.

8.2.,5 Failure Detection And Isolation Testing

In the laboratory (one g environment) the FDI implementation must be verified for
hard and soft failure conditions at both the three IMU and two IMU operating levels
while insuring smooth transitionof velocity and attitude information during transfer

between these operating levels.
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The initial verification will insure that the hard failure reasonability levels have
been successfully implemented to detect hard failure conditions prior to processing
data from this error source. The soft fail implementation will use special red-line
thresholds recognizing the laboratory environment. Verification of the computer
software implementation for soft failure detection and isolation in powéred flight
will be verified with known instrument parameter miscompensations., The expected
single IMU error propagation characteristics will be confirmed using the land
navigator output recorded and displayed by the HP2116 facility. The system
reconfiguration after failure isolation and the observed failure detection response
timewill also be recorded. Theattitude FDI software implementation will be verified
using gyrocompensation errors designed to be demonstrated withinreasonable time

limits in the laboratory environment, -

8.2.6 Attitude Loop Demonstration

It is desirable to demonstrate the attitude loop in terms of absolute angle readout
since the attitude FDI mechanizationin unpowered flight uses rate information from
each IMU and is not sensitive to the absolute attitude. A desirable feature of this
attitude loop resolution demonstration would displayand record attitude information
from all individual systems as well as the total attitude loop information from the

composite configuration.

For the NASA/MSFC test demonstration the vertical axis seems most appropriate.
A testing and demonstration sequence for the vertical attitude indicators would consist
of a plus and minus one degree vertical axis maneuver by the rotary table, A hard
failure demonstration of the attitude FDI will bedemonstrated by continuous torquing

a single IMU axis,

Theland navigation results can give an excellent demonstration of soft failure detection
and IMU data reconfiguration in the velocity FDI implementation, To attain this
demonstration for the attitude FDI implementation, a soft failure of the gyroscope
is introduced by a miscompensation along the vertical axis in a single IMU. This
IMU drift will be detected both as an attitude error indication of the single IMU and
to a lesser degree in the composite system. An attitude display on the HP2116
CRT will then beused todemonstrate visually the FDI performance and the resulting

system adaptation after error isolation.
The display quantities would be the individual and composite whole angle information

and the error angle information of each IMU with respect to the composite angle

(see Figure 8.2),
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9.0 LABORATORY TESTING HARDWARE AND SOFTWARE REQUIREMENTS
9.1 HARDW ARE REQUIREMENTS

It has been proposed that the demonstration test system of mﬁltiple four gimbaled
IMUs be implemented at the Marshall Space Flight Center. Assigned to this study
are three Kearfott AN/ASN-90 (KT-70) Inertial Measurement Systems, an IBM
47/CP2 and the SSCMS test facility including ‘the Goerz 500 test table. This
demonstratiqn requires the design and implementation of appropriate interfaces to
allow computer control and monitdring of the three inertial measurement systems

and test equipment for data acquisition, storage and display, table control and readout,

The AN/ ASN-90 Inertial Measurement System consists of the KT-70 IMU, an Adapter
Power Supply and a manual controller. In a multiple system laboratory test

configuration it is desirable to have all moding under computer control.

An appropriate AN/ ASN-90 interface must provide for the handling of the following
signals. - '

9.1.1 Delta Velocity Pulses

Plus and minus Delta Velocity (AV) output pulses from the IMU CAPRI _
electronics, for each of three accelerometer loops, can be best handled by an
up/down counter of appropriate size. This counter would accumulate net pulses
over an update interval. ‘Since the CAPRI electronics are asynchronous in
nature, provision must be made for bit storage during counter readout.
Presently, it is planned to use three 16 bit (capacity of several seconds of
data) up/down counters with éingle bit storage during readout as the accelerom-

eter interface equipment.

9.1.2 Gimbal Angle Outputs

Gimbal angle outputs are in the form of three (Roll, Pitch, Yaw) three wire
single speed synchro signals. These synchros have uncalibrated peak errors

on the order of 5-7 arc minutes.

Conversion of these synchro sig'nals to digital binary form could be accom-
" plished ‘using ‘a single multiplexed converter or three dedicated converters.
- Itis thought that the advantage of simultaneous gimbal angle datawill outweigh

the cost of the extra converters. The multiplex converter necessarily
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introduces data staleness. To this end three dedicated tracking synchro to
digital converters will be used. These converters will have an accuracy of
14 binary bits (80 arc seconds) to provide sufficient accuracy to implement

the IMU synchro calibration as discussed in chapter 8.

9.1.3 System Input Discretes

Systemvinput discretes are of twoclasses - gyro to torquing discretes (GYPTO
commands), and other discretes (including analog torquing, accelerometer

scale factor select, computer control, and moding discretes).

9.1.3.1 Gyro Torquing Discretes

The gyros in the KT-70 IMU are torqued in a binary mode at a 200 pps
rate. That is, the polarity of torquing signal must be supplied every 5
milliseconds. This required command rate can be reduced by using
ternary commands and providing a ternary to binary converter in the
interface. This would provide binary commands (plus alternating with
minus) in the absence of computer intervention. The computer could
provide a pulse pattern for torquing over a period of time to reduce the
load even further. Four bits of torquing information and a torque sense
(sign) bit for each of the three gyro loops would require 15 bits of
command info.rmation and a maximum of one word transfer per 20ms.
If no torque other than binary is required no command need be made.
. This command could be implemented iﬁ a single 16 bit computer output

word.

The interface also requirés aninternal 5ms clock to operate the torquing

interface. N

]

’

9.1.3.2 Analog Torquing and Other Discrete Commands

Provision must be made for the operation of analog slew and slew sense
discretes for each of three axes (Xaxis, Yaxis, Azimuth) (6 lines).
Several other input discretes must also be implemented. These include
the accelerometer scale factor select discrete and mode selection
discretes (Inertial, Normal, Ground Align). It is thought that these
discretes could be implemented in a single 16 bit word. Discretes of

this type are activated at a low rate and are not time critical.
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9.1.4. System Output Discretes

9.1. 5 - Avionics Inte rfaée

Several system output discretes must be input to the processor. These
include IMS fail, system ready discretes and, possibly, some interface
status and additional BITE information. Mode discretes are provided
as an output from an AN/ASN-90 but, as manual moding is no longer
provided, these are not implemented for the test system. Provision of
a single 16 bit computer input word will be adequate for these signals.

These output discretes alsooccur at a low rate and are not time critical.

Inthe aircraft installation an AN/ ASN-90, magnetic variation and heading
information are provided to the IMS in certain modes. This interface
requires a synchro input and several discretes. These functions will
not be used in the laboratory test and no provision will be made for

their implementation.

9.1.6. General

8.2

It is thought that the multiple system interface would be provided as three
identical interface units (IU), as described above. These units would be
connected to the processor interface unit (PIU) by a multiplexing device using
a serial bus. This processor interface unit would also contain provision for
parallel transfer of information between the processor (IBM 47/CP2) and the
test station control computer (HP2116B). The processor interface unit would
make use of the externally controlled input and output channels of the CP2
along with an external interrupt and several input and output discretes. The
PIU would do most of the I/O housekeeping and work into the computer on a
cycle stealing basis. The test statioh interface, similarly, is externally
controlled and provides access to the rotary table controls and readouts, the

magnetic tape unit, the CRT display and to a line printer,

SOFTWARE-EXECUTIVE CONTROL

In chapter 8 certain laboratory test software requirements have been discussed,

including calibration, alignment, gyrocompass, velocity FDI, attitude FDI, and land

navigation programs. Inadditiontothese, anumber of service programs are required

to enable efficient performance of the laboratory test sequences. These service

programs will be identified as the executive program.

e

137



Since the 47-CP2 is essentially dedicated to three KT-70s, it seems appropriate
that the executive will be the synchronous, box car type. The gyro torquing and
navigation requirements make a .02 second minor cycle and .2 second major cycle
attractive. It has béen éstimated that most periodic calculations will fit into minor
cycles, if these calculations are done in fixed point and not in simulated floating
point. For maximum flexibility, however, floating point arithmetic will be used
where feasible. Provisions will be made for four background major cycles on a
time available basis. An example of a background major cycle is the update of a
Kalman filter. The major/minor cycles will then be synchronized with the PIU by
a.02 second real time interrupt supplied by the PIU. This same interrupt will signal
when either the CAPRI, synchro data, or any other data is available from the PIU.

Discrete bits will be used to identify this interrupt.

The coding for a complete multiple system test sequence will be capable of being
stored entirely in memory at one time. The origin of the code will be magnetic
tape, entered viathe HP2116 and transferred tothe 47/CP2 under PIU and executive
control. Pertinent data will be sampled by the executive and tranferred tothe HP2116
for display and recording. The type and format of this data will be defined and will
depend on the test sequence. Shown in Table 9-1 are some typical examples of

data type and format.

A test subsequence will be defined by specifying, for the major cycle, what routines
will be called in each minor cycle. Thus, for each subsequenéé there will exist a
list of ten address constants. When a subsequence is in control, its address list
will be stored in the executive's transfer vector. Transition between subsequences
will be affected by replacing the executive transfer vector with a new address list.
This can only occur at the end of a major cycle. Operator communication with the
executive and control of the test se'qhences will be through the keyboard at a very
low frequency. A test control program will exist as part of the executive. This
program will decode keyboard messages, and format typewriter output. Keyboard

messages will be simple commands. Examples of commands would be:

Print Memory Location x
Change Memory Location x to y
Start Test Sequence x

Stop Test

Cause CP2 to Idle

Change Instrument Compensation Values to Set x

o0 oo
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Data Name
LAT,LON
ALT
VN,VE,VU
%

AVij
DETj
ISVi,j
STATUSi
Wi,j
TSEJ.
ISR, .,
i, ]
OX, -

i
oY,

i
Oz,

i
Wi,j
SF, .
.o L,}
ABIASHi j
ABIASLi j
ASFHi .

TABLE 9-1

Length Scale

DP
DP
DP
DP
DP
DP
DP
DP
DP
DP
SP

Sp

SP

SP

+ 7Rad
(-1000,+38000)ft
+1000 ft/sec
+100 ft/sec
(0,107%)

(0,1)

Oorl

(0,200) meru
(0,40000) meru
(0,1)

+.2 Rad

+.2 Rad

1Y 1/2 Rad

+70 meru

2

.5 sec/pulse
+.2 ft/sec?
+.9 ft/sec?

Subsequence

Navigation

Navigation

Navigation

Velocity FDI

Velocity FDI

Velocity FDI

Velocity.& Attitude FDI
Attitude FDI

Attitude FDI

Attitude FDI

Alignment & gyro compass
Alignment & gyro compass

» Alignmerit & gyro compass

All
All
All
All

. 0004ft/sec2,‘pulse Al
.04 ft/sec?/pulse All

Integer
+7 Rad

*i=IMU1,2,3 *j=X,Y,Z

All
All

Exploitation
Latitude & Longitude
Altitude

" North, East and Radial Velocity

Deviation from average velocity
Detection Ratio, Velocity
Isolation Ratio, Velocity
Failure Status

Estimate of error drift rate
Total squared error
Isolation Ratio, Attitude
X-tilt error

Y-tilt error

Azimuth error

Average drift

Gyro torque scale factor
Acc. bias high gain

Acc. bias low gain

Acc. SF high gain

Acc, SF low gain

Sum of CAPRI pulses
Gimbal angle

The range or scale of the variables are subject to further definition.
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Typewriter output will notify the operator of sequence transitions, error conditions,

and changes in IMU moding.

COMPOOL (i.e. common data memory) is also considered part of the executive
even though it does not contain instructions. This memory is accessible to all
programs, including programs in different memory loads. In fact, its purpose is
to provide a communication area for programs in different memory loads. The
instrument calibration parameters are an example of the type of data stored in
COMPOOL. Thﬁs‘, the IMU calibration sequence communicates with the landnavigation
sequence via COMPOOL.

9.3 COMPUTATIONAL REQUIREMENTS

Computational requi’rements for the multiple IMU system are estimated in this section
based upon three AN/ASN-90 IMUs working with a single 47-CP2 computer,

9.3.1 47-CP2 Computer

The IBM 47-CP2 is a general purpose digital computer, It has 16K words
memory, each with 32 bits. Sixteen bit half words in memory are augmented
with parity and storage protection bits. The CPU has thirteen parallel 16 bit .
registers for arithmetic work and three index registers. There are two

independent, 16 parallel bit I/O channels.

Typical execution times for the CP-2 computer are given in Table 9-2,

Table 9-2 - Command Execution Times
‘in the CP-2 Computer

Command Time (us)

Input/Output Word 4.17

Store Word 2.5
Double Store 5.0
Add , Load 3.75
Double Add 5.0
Multiply 18.0

Double Multiply 20.0

140



9.3.2 Preliminary Estimates for Input/Output Operations

1. AV Readout

The accumulated AV pulses are frozen on command, and the three
registers are read (estimated requirement one update/sec). The required
time is estimated at 50 ws/s/IMU.

2. Gimbal Angle Readout

The estimated requirement is an update every other second. The gimbal

angle readout requirements are estimated at 6 vs/s/IMU.

3. GYPTO Decisions

GYPTO loops must be commanded at 200 updates/s. It is assumed the
binary torquing logic is left in the interface, and the three loops in each
IMU can be commanded by a single half word (16 bit) transfer. Then 1
ms/s/IMU will be required. For 3 IMUs, therefore, gyro pulse torquing
I/O will require 0.3% of the computer. If the binary torquing logic is
not implemented in the interface, considerable I/O duty cycle time will

result.

9.3.3 Preliminary Estimates of Computational Requirements

Arough estimate has beenmade in Table 9-3 to define the 47-CP2 requirements _
for the demonstration phase of this program. More specific estimates will

be prepared when actual programs are available.

Table 9-3
47-CP2 Load Estimates - 3 IMUs

Program Words % feal time
Gyro and Accl, Compensation 1200 7%
Interface Requirements 200 1%
Failure Detection (AV) 500 2%
Failure Detection (Gimbal Angles) 1200 7%
Gyro Compass and Navigation 8000 75%-100%
Calibration 11000 40%

141



Page intentionally left blank



10.0

PRESENT WORK EFFORT SUMMARY

The results of this study are summarized below:

It is possible to establish reliable failure detection thresholds within

normal variations of anominal mission for either gimbaled or strapdown
redundancy.

An FDI philosophy applicable to "off the shelf'' IMU technology has been
defined and simulated providing high reliability compatible with FO/FO/

FS requirements in typical shuttle trajectories.

Fundamental design considerations concerning the error signal magnitude

required with respect to the level of noise onnormal redundant information

are established. This permits a definition of the performance level

that can beisolated in a particular FDI implementation with known good
reliability. ‘

Amultiple system prelaunch checkout method has been defined compatible

with the shuttle goals of minimum system verification time, '
A system laboratory demonstiration test plan is defined for hardware

and software verification of this work.

A system hardware interface definition for multiple IMU laboratory

demonstration is defined.

Further study is desirable in the following areas:

A'"once-aroundabort' mission should be evaluated for FDI requirements.
An analytical method to determine trajectory thresholds on the basis of
terminal accuracy requirements only should be developed.

Integrated redundancy management should be investigated to provide
additional G&N information, e.g. radio aids, for increased decision
reliability.

Advanced statistical FDI techniques are presently available which enable
a reliable decision capability in high noise fields. These techniques
should be applied to this redundancy management problem.

The present FDI implementation should be expectedtoinclude adiagnostic
capability in software fornon-critical time period instrument level fault
detection and isolation.

Continued evaluations to prove highly reliable FDI performance in the
nominal entry mission are desirable.

Continued two IMU FDI evaluations are desirable to prove reliable

performance.
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In general, the FO/FO/FS capability using colinear stable member alignment requires
five IMUs to implement. The final approach selected using four IMUs includes a
skew stable member orientation at the two IMU level. This permits voting on an

instrument axis level for implementation of the fail safe criteria.

A FO/FS capability is attainable with three IMUs either in a colinear or skewed
stable member orientation. If a skewed orientation is utilized continuously from
launch for three IMUs, several error sourcesnot present in the colinear orientation
become evident. First, independent gyrocompassing of each system will contain
additional gyro torquing scale factor error sources. Another closely related error
appears as ahigher system noiselevel due tostable member orientation uncertainties.
This attitude uncertainty, caused by gimbal axis errors as well as torquing errors,

degrades the performance of the instrument orientation dependent FDI algorithm.

In addition, the software required for implementing an FDI algorithm capable of
handling a three IMU skewed system is much more complicated than for the colinear

system.
The inherent capability of a KT-70 IMU for FDI implementation using both colinear

and skewed approaches will be carefully evaluated in both hardware and software

during the laboratory demonstration program.
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APPENDIX A

A.1l  REDUNDANT GIMBALED SYSTEM MODEL DEFINITION

This Appendix defines the actual AN/ASN-90 IMU and 47/CP2 computer system
(whichis tobe implemented at MSFC) in sufficient detail to evaluate gimbaled system

failure detection and isolation methods. Both single and redundant IMU error models
- have b_een defined for simulations with shuttle vehicle trajeétdries.. " The IMU/»sy_stem
interface, whichis left unchanged when employing an IMU in the multiple IMU system,
is defined by a signal list. A tabulation of the critical design features required to

permit failure detection and isolation in laboratory demonstrations, is also shown.
A.2 IMU ERROR MODEL FOR GENERAL FOUR GIMBALED SYSTEM

This section of the Redundant System Model Definition describes a single IMU error
model which is used as a building block in the digital simulation of the complete

multiple IMU system. Areas of specific interest include:

1. Definition of the stable member reference triad and determination of
the orientation of the accelerometer and gyroscope input axes with

respect to this reference triad.

2. Definition of gimbal order.

3. Definition of gimbal noﬁ-orthogonalities.

4. Definitiorll of gimbal angle readout chaiﬁ errors.
S. Attitude transformations. )

Not included in this model at this time are the servo characteristics:
A.2.1 Definition of a Reference Triad
Since the KT-70 IMU is mechanized for local vertical frame navigation, the stable

member reference triad has been defined using the two horizontal accelerometer

input axes.
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In the space shuttle orbiter application, where inflight alignment of the IMU is
required, itis desirable to define the stable member triad axesin a known orientation
with respect to the inner gimbal axis. Thus, a known reference triad alignment
can be obtained by the transfer of a known optical reference to the stable member

axes by the use of the gimbal axis readout chain.

The reference triad shall be a right-handed stable member fixed triad which, through
rotation of the gimbals commanded by the computer, can be placed in arbitrary

orientations relative to the vehicle (or laboratory) frame.

To define the reference triad for the booster mission or for the purposes of the
present feasibility demonstration, two axis horizontal accelerometer will be used
to minimize earth frame alignment errors. The X and Y accelerometer input axes

are leveled by nulling the accelerometer loop output with bias effects compensated.

The definition of the reference triad is illustrated in Figure 1 as:

}

XR = Xala
ER J._}_{R m_:che XR YAIA plane
ZR = XR b'd YR

AlsoshowninFigure 1 arethree accelerometer alignment errors. The six gyroscope

alignment errors, with respect to the defined triad, are shown in Figure 2.

A.2.1.1 Instrument Input Axes to Reference Triad Transformations

The transformations from the accelerometer and gyroscope axes to the reference
triad do not represent true rotations. Instead, they reflect the instrument axes
into that triad. The matrices representing these transformations (see Figures 1

and 2), are given below.

- A ~ -
XaTA xR
Y =c? |y

ATA R R
NN | ZR
XG1A xR

G

Gia| “Cr | ¥

| “Gi1a | | ZR
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Fig. A-1 Accelerometer to Reference Triad Misalignment |

Fig. A-2 Gyroscope to Reference Triad Misalignment
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Letting Aij represent the misalignment of accelerometeri about jR‘ and Bij represent

the misalignment of gyroscope i about jR’ we have:

1 0 0
c® = |-sinaA cos A 0
R YZ YZ
sin AZ'Y -sin AZX cos AZY cos AZY
or approximateiy—:
~ =
1 0 0
A _
CR = 'AYZ 1 0
AZY _AZ_X 1

— . =

Similarly, the gyro misalignment can be represented for small angles as:

1 Bxz  Bxy
G _ _
Cr= | Byz 1 Byx
| Byy “Byx 1 |

Given these matrices, AV information quantized in the accelerometer frame may
be transposed to either the reference (inertial) frame for navigation or if required

to the gyroscope frame for compensation as:

.ATG
R A

A.2.2 Gimbal Order and Gimbal Triads

Proceeding from the stable member to the vehicle, the gimbal order defined by the
KT-70 IMU is shown in Figure 3 as:

Azimuth (stable member) gimbal (AZ)
Inner roll gimbal (IR)

Pitch gimbal (PG)

Outer roll gimbal (OR)

Navigation base (vehicle) (NB)
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Figure A-3 [Inertial Platform Mechanical Schematic
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Angles between two adjacent frames are measured by a synchro mounted on the
outermore gimbal. Positive angles are defined here about an outward pointing axis

for purposes of laboratory testing.

A.2.3 Gimbal Non-Orthogonalities and Offset Errors

It is desirable to model gimbals to reflect readout errors accurately since the
proposed IMU model is used in studies of failure detection based upon attitude
indication in multiple IMU systems. The attitude chain is also important in the
problem of stable member alignment capability in earth orbit. This section will
define gimbal non-orthogonalities and gimbal angle offset errors which appear when

determining the relative orientation of the stable member with respect to the vehicle.

Each of the gimbal reference frames contain an angular offset from their reference
zero position due to the repeatability of the synchro zero reference. The non-
orthogonality of successive gimbal axes are also separately modeled. These two
angles are defined in Figure 4. Notice in this figure that €Oj is the gimbal offset
error and €Nj isthe gimbal non-or‘thogonality errors where j denotes the appropriate
gimbal axis. This definition closely re-resembles the gimbal definitions used in
the Apollo Command Module IMU,.

The synchro offset is modeled as a constant bias term plus an angle dependent

sinusoidal term. That is

d)ind B wmech i -eoj - A¢ sin (n (¢mech B <'/)off )
where ¢ind is the indicated angle, ¢rriech the physical (or mechaniéal) angle and A¢

is the magnitude of the nx dominant synchro error term. (/)off is the difference

between mechanical and electrical zeros.

A.2.4 Gimbal Angle Readout Errors

Error sources which are modeled as gimbal readout errors include the synchro
offset errors previously defined and the additional A/D converter errors due to
linearization and quantization effects. For this initial definition the only additional
readout error source will be due to quantization. ‘The linearization errors will be
sized when actual A/D converter designs are evaluated since A/D electronic designs

are not included in the standard interface definition.
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A.2.5_Attitude Transformation

A.2.5.1 Attitude Transformation from the Reference to Body Frame

The successive transformations from the reference triad to the body frame are
functions of both gimbal angles and gimbal misalignments where gimbal angles are

time varying, depending on body rotations and gyro drifts.

In the absence of misalignments, eachtransformation represents a simple rotation,

and may be exactly written in either the quaternion form or as a direction cosine

matrix:
1) Reference Triad to Azimuth Frame qu or CQZ
2) Azimuth to Inner Roll Frame ) qisz ' or CIARZ
3) Inner Roll to Pitch Frame quG or Cf)RG
| 4) Pitch to Outer Roll Frame qgg or ng
5) Outer Roll to Nav Bas'e-Vvehicle qgg or ng

Of these, number 1 is time independent, while 2, 4 and 5 vary with the gimbal angles
&, 6ps OR as defined in Figure 3. The Inner Roll to Pitch transformation is constant
except when the gimbals pass near or through the gimbal flip region. In these
regions, the inner roll gimbal angle, §, can change widely and rapidly, depending
on servo loop design, gimbal angles and body rates. The only general rule is that,
near gimbal flip, gimbal motions are significantly larger than the vehicle motions

which cause them.

A.2.5.2 Attitude Transformations Using Readout Angles

This series of transformations (section A.2.5.1 above) represents actual rotations
and is derived using true gimbal angles and misalignments. However, the true
gimbal angle is never observable. A corrupted readout angle is available. The
superposition of the synchro readout error means the computer will have available
for attitude estimation and failure detection only similar transformations except
that:

for ¢AZ substitute (/)AZ " €0AZ + A¢ sin n((/)AZ - "bOFF)
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for op substitute p - €OPG + A9P sin n( bpg " GPOFF)

substitute 6, - ¢ +A_ . sinn(6, - 6 )
R OOR R R ROFF

for GR‘

A.3 AN/ASN 90 IMU ERROR MODEL

This section of the system model definition is a discussion of the actual IMU Error
Model being used, first, as a basis for digital simulation of a multiple IMU system

and, second, as a standard in evaluating failure detection and isolation methods.

A.3.1 Mechanical Configuration

Figure 3 shows amechanical schematic of the four-gimbal inertial platform. Mounted
on the inner gimbal are two two-degree-of-freedom gyroflex gyros, a two axis
pendulous accelerometer, and a single axis pendulous accelerometer. One gyro is
mounted with its spin axis along the vertical and provides pitch and roll stability.
The second gyro has its spin axis along the positive pitch axis. One of its sensitive
axes is along the vertical, while the other (providing a redundant input) is-along the
negative roll axis. The twoaxis accelerometer has its axes in the horizontal planes

and the single axis instrument completes the triad.

Mounted along the azimuth axis is a coordinate resolver which provides directional
resolution of the gyro error signals sent to the pitch and outer roll gimbal servos.
Attitude information is obtained from synchros mounted along the azimuth, pitch,
and outer roll axes. The outer roll gimbal is slaved to the inner roll gimbal, but
displaced by an angle of 90° about the roll axis. By this means gimbal lock is

avoided and an all attitude capability is obtained.
A.3.2 Platform Orientation

In normal operation, the AN/ASN-90 IMU's reference triad is oriented

XR NORTH
YR = | EAST
ZR DOWN

Normal operation is in a local.vertical mode. The redundant system feasibility
demonstration program will use this IMU in an inertial mode, but will mount the

system in the present aircraft orientation. It is to be noted that leveling the two
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axis accelerometer with gimbal angles zeroed requires that the roll axes be

horizontal.

A.3.3 Gimbal and Synchro Errors

Kearfott specifications state all instrument input axes shall be within a cone of half
angle 0.3 mr (10) of their respective reference axes. The gimbal axis biasuncertainty
angle of 0.6 mr (lo) and gimbal nonperpendicularity of 0.6 mr (l0) are considered
typical. The magnitude of the sinusoidal synchro error is estimated to be less
than 0.6 mr (lo),

A.3.4 Inertial Component Error Models
A.3.4.1 Gyroscopes

The gyroflex gyroscope is a dry, flexure supported instrument. Sensitive to input
about two axes, it has a two axis pickoff. Two orthogonal torquers reposition the .
gyrowheel toitsnull position. Separate windings are provided for analog and digital
(compensation) torquing. One gyroflex hastwo "horizontal" input axes, nearly parallel
to the IMU reference plane. The other is mounted with a vertical (or azimuth) IA,
but has its second axis slaved to null. For this discussion, X and Y shall refer to

the input axes of the horizontal gyro, and Z shall refer to the azimuth gyro.

A model for the gyroflex, following that presented by Kearfott, is developed in the

following paragraphs.

A constant drift about each axis is assumed. This drift is denoted by

v

o
n
O U

and has the units of rate (°/hr.). The sign convention assumed is that positive bias
drift implies float rotation in the' same sense as a negative real input rate. The

sign convention for all other drift terms shall agree with this definition.

Mass unbalance error terms have been defined by Kearfott. These correspond to

drifts about the IA due to specific force along the gyro axes. Here,
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sj* = Spin axis mass unbalance term (°/hr/g),

MIj’ = Input axis mass unbalance term (°/nr/g),

Mg, = Cross axis mass unbalance term (°/nr/g),

M

where j=X, Y, Z. Mass unbalance drifts are given by

A

Wiux "My  Mpx Mgy Agx .
] _|. - _ oG A
WU WUY MOY MIY MSY AGY where AG = CR CR A
LWUZ Moz Mgz My, Agz

Anisoelastic drift ié the drift about the IA due to simultaneous lineér,accelerations
along the SA and IA. The drift is given by

WAX (KAX) (AGY) (AGZ)
Wa = [Way| = | KRay) (Agy) (Agz)
Waz (Kpz) (Agx) (Agy)

where KAj’ j=X, Y, Z, is given inO/hr/gz, and the specific forces are scaled in gs.

Scale factor error is given by Kearfott in the form
Kapj = Kpy 1+ Kggy)

Fj is the loaded scale factor (sec/pulse) and Kij is the scale
represents the actual gyro scale factor (sec/pulse).

where j=X, Y, Z. K

factor error. KAFj

Random drift of the gyro is modeled as an exponentially correlated (Markovian)

Gaussian noise. For each axis,

= - —e - Gi
WRJ.(t) e WRj(t At) + GJ.(1 e ) Nj(t)

where, j =X, Y, Z

W .(t) random noise time at t

Rj

WRj(t—At) = random noise at time ¢-At)

At

W

sampling time
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TGJ. = correlation time of gyro j random noise
GG]. = standard deviation of noise of gyro j
N.j(t\ = noise sample from a random Gaussian noise table with =1 and

mean = 0

= = : = = = o
In Kearfott's model, 7y = 7oy = "qy = 1 sec and 0o _ 0no = 0o, = 0.003"/hr.
This symmetry may be relaxed to allow differing 7 and ¢ values for each axis if
WRi is found to be a significant term. The three equations V(WRX’ WRY’ WRZ) will
be started at different points on the Gaussian table.

An analytical model of transients due to gyrowarmup has been derived. It includes
exponential terms with characteristictimes of 7= 1,3 and 7= 20 minutes. These
terms are excluded from the proposed model on the assumption that the IMU will
be temperature for a period >>37 before launch. Alsoexcluded arenon-orthogonality
of pickoff axes and of torquer axes.
The total drift is given by:

YouTx

A =W

ouT =Dp + W, +W, +W

OUTY R

Wourz

and the compensation torquing will be decided by

Wewmp = “Wour 7 - [DR tWy T WA:l

The maximum compensation fangeié +50°/hr. Compensation torquing will introduce
platform drift due to miscompensation of error terms, random drift and scale factor

errors.,

A.3.4.2 Two-Degree-of-Freedom Accelerometer

A two axis (Kearfott 2414) accelerometer is used for the horizontal axes. This
instrumentis described as adry, force-rebalanced, inverted flexure-joint pendulum.
Displacements along two mutually perpendicular axes are detected by high gain
capacitive pickoffs. Rebalancing is accomplished using two analog DC current
permanent magnet torquers. The torquer currentis digitized for use by the-navigation

computer.
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Kearfott suggests modeling three error terms: constant bias along each 1A, an
acceleration independent scale factor error and random noise. Not suggested are

scale factor linearity and crosscoupling terms.

Biasis giveninunits of acceleration, BLj’ j =X, Y. The scale factor error appears

as
KATj = KSj (.1 + KSEj)’ i=X,Y

Here KSj is the loaded scale factor, and KSEj is the scale factor error. )
The random noise is given by

, -5t /7y 24t /fAj 1/2.

A_ (%) = At - 7 .(1 - .

Ri) = Ap;(t-at) + 7y (1-e b Ny

where j = x, y

ARj(t) = random noise at time t

ARj (t-at) = random noise at time (t-AT) -

At = sampling time

TAj = correlation time of accelerometer random noise

oAj = standard deviation of accelerometer random noise

Nj(t) = Noise sample from a Gaussian noise table with o = 1

and mean = 0

The total sensed specific force thenis given by (units are AV pulses/sec):

(A_inj - gj + BLj + ARj)_
)

A =
OUTj R T+ R

If required, a more detailed model would include scale factor nonlinearity and cross

'

coupling given by:

f b Acxy  Aexz|  Amx
.+
Lj P ARj T - ANy

Beyx 1 Acyz INZ,

-g.+ B
gJ

OUTj -

(Kg,) (1+K )(1+———1——AIN’ K
S sef1 * &
IN max

LEj
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Term -

Equivalent Channel Drift

General Platform

Nominal Value or

Representative

Model Nomenclature Error (1o)

. . 0 .
Horizontal Gyro . DRX’ DRY 0.01 " /hr
. o
Azimuth Gyro Dpo 0.01" /hr
GYPTO/Torquer Scale Factor
Horizontal Gyro Kewr Kpy 0.4 ge\c/pulse
Azimuth Gyro Kpy 0.4 @/pulse
GYPTO/Torquer Scale Factor -
Horizontal Gyro KFEX’ KFEY 300 ppm
Azimuth Gyro Kppyz 300 ppm
Mass Unbalances
- - . o
Horizontal Gyro Spin Axis MSX’ MSY 0.05 /hr/g
Azimuth Gyro Spin Axis Mg, 0.05°/hr/g
Horizontal Gyro Input Axis MIX’ MIY Negligible
Azimuth Gyro Input‘Axis MIZ Negligible
Horizontal Gyro Cross Axis MOX’ MOY TBD
Azimuth Gyro Cross Axis MOZ TBD
Anisoelasticity
Horizontal Gyro KAX' KAY Negligible
Azimuth Gyro KAZ Negligible
Random Drift
: =T = =
Horizontal Gyro WRX’ WRY ox 'ay" oz 0.003deg/hr
Azimuth Gyro WRZ Tox™ TGY TGZ=1 sec
Long Term
T =T, = = o
ox” Gy %Z 0.005 /hr
ox™ oy oz° 1800 sec
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Accelerometer/CAPRI Bias

Horizontal Accelerometer

Vertical Accelerometer

Accelerometer/CAPRI Scale Factor

Horizontal Accelerometer

" Vertical Accelerometer

Accelerometer/CAPRI Scale

Factor Error

Horizontal Accelerometer

Vertical Accelerometer

Accelerometer/CAPRI Scale

Factor Nonlinearity

Horizontal Accelerometer

Vertical Accelerometer

General Platform

.Representative

Model Nomenclature Error (1g)

By x» Bry
By z

Kex» Kgy
Ksz

Ksex' Ksey
Kspz

Kiex KLEY
Kipz

160

0.067 cm/52

0.100 cm/s?

"Low Gain
1.0cm/s/pulse

1.0cm/s/pulse

_.267 ppm

300 ppm

TBD ppm/g

TBD ppm/g

High Gain

- 0.01cm/s/pulse

0.01 cm/s/pulse



General Platform Representative
Term Model Nomenclature Error (1c)

Accelerometer Cross Coupling ACXY TBD
ACXZ TBD
ACYX TBD
ACYZ TBD
Aczx - -~ ~TBD ]
ACZY TBD’
Accelerometer/CAPRI Random Noise Short Term
. -5
Horizontal Accelerometer ARX’ ARY 7AX AY" AZ 2x10 g
Vertical Accelerometer ARZ Effectively White Noise
Misalignments
X-Gyro About Y Bxy 2.9%10 % rad
XI-Gyr'o About Zp By 2.9x10 % rad
Y-Gyro About Xp Byx 2.9x10 % rad
Y-Gyro About Zp Byy, 2.9x 10-4-rad
Z-Gyro About Xp B,x 2.9%10 % rad
Z-Gyro About Yp B,y 2.9x%10 % rad
Y-Accelerometer About Xp Ay 2.9x% 10-4 rad
Z-Accelerometer About Xp A,x 2.9x10 4 rad
Z-Accelerometer About Yo ‘ AZY_ 2.9x% 10"4 rad
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KLE represents scale factor nonlinearity, while Acij represents cross-coupling of

input along j into the output of accelerometer i,

A.3.4.3 Single-Degree-of-Freedom Accelerometer

A single axis (Kearfott 2404) accelerometer is used on the vertical axis. It is a
dry, force rebalanced, inverted flexure-joint pendulum. In general, its description

is the same as that of the (2414) two axis accelerometer.

Error terms in the single axis instrument are identical with those of the two axis
instrument. Indeed, if j isunderstood to be j=X, Y, Z, and the cross-coupling matrix

is rounded out to

1 Acxy  Acxz
Acyx 1 Acyz
Acxz Acyz 1

the equations of the previous section will cover the triad of\ accelerometers.
D. Estimates of Instrument Uncertainties

Kearfott has provided estimates of the bulk of instrument error parameters
needed for this model. In the table which follows, nominal scale factor values
are given. All other terms are one sigma error estimates. "TBD'" or 'to be
determined' means simply that no estimate is given in the published materiél

now available.

A-IV Multiple IMU System Model

The single IMU error model has been defined. A model of a multiple IMU system
is being constructed using the single IMU model as a building block, and subject to

system definition ground rules described in this section.

Feasibility of amultiple IMU inertial systemis to be demonstrated in this program.

The system is to conform to these general rules.

1) The system will contain 4 four-gimbaled IMUs, mounted on a common

navigation base. They will have coplanar gimbal axes.
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2) There will be a central computer which, among its functions, will perform

failure detection and isolation.
. 3) .The system is to be FO-FO-FS.

Four identical IMU's will be used. For the demonstration program, they shall be
off-the-shelf Kearfott AN/ASN-90's. All individual inertial systems are assumed
to be commonly mounted on a single navigation base. Consideration will be given
to other IMU's and to alternative AN/ASN-90 gimbal arrangements. Further, a
study of non-coplanar IMU axes mounted orientations will be made at a later time

~in this study effort.

" A-v KT-70 Electrical Interface Definition

The interface to the AN/ASN-90 IMU and its associated electronics carries both
power and signal lines., It should be noted that signal voltage levels are specified
atthe IMU. Withthe system mated with other than the dedicated AN/ASN-90 computer, '
an interface unit will have to be designed to mate these signals to the given system

interface unit/data bus/computer complements.

A. IMU and Electronics Power Requirement
1. 115V, 400 Hz, 3¢ 4 wire, 940 watts (max)
2. 26V, 400 Hz, ¥C 6 watts
3. 5V, 400 Hz 7.5 watts
4, 28 VDC 10 watts

The proposed laboratory test system will employ the A-7 adapter power supply
for each IMU.

B. IMU Signals to the Computer

1. Discrete Status Signals

Each IMU will have available the following discrete status signals:

*
IMU Fault Warning - IMU Fail = Logic "1"
*
System Ready IMU Ready = Logic "1"

* Converse is true for logic "0".
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Here, and in the following pages, logic ''1" = 5+1 VDC, logic "0" = 0£0.5 VDC.

Noise levels on logic lines must be under 1 volt.

In addition to these discretes, there is a multiposition "mode" switch.

Modes

mechanized inthe AN/ ASN-90 system include Ground Align, Inertial, Normal (Local
Vertical Navigation), Magnetic Slave and Grid.

C.

Analog Data Signals

There will be three single speed synchros, mounted. on the outer roll,
pitch and azimuth gimbal axes, ineach IMU. Synchrotodigital conversion
(S/D) will be performed by a yet to be specified gimbal angle readout.

The synchros will have 3 wire outputs and will be characterized by

Null
Gradient at Null
Max., Output

3. Digital Data Signals

0.035 V 400 Hz
0.185 V/® 400 Hz
10.5 V + 400 Hz

Digital output to the computer will comprise AV pulses only. Six dedicated

pairs of wires will carry these six signals:- :I:AVX, iAV’Y and :tAVZ.

Pulse characteristics are given by:

Pulse Rate

Pulse Width

I_JogiC HlH

Logic "0"

Pulse Time Constants

Currents

Computer Output Signals (Commands)

1. Discrete Signals to IMU

Pulse shape for all Discretes

Computer Fault
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0 - 10,000 pps
13 £12 us
5+1 VDC

0 £0.5 VDC
Tr: Tp
3 mA sink at Logic "0"

0.05 mA source at Logic "1"

max = 3 u4s

IMU 2 mA sink either state

TR’ TF =10 us max

All signals are single-ended
*

Computer fail = Logic '"1"



Autocal in Progress
Computer Control
Accel. SF Change
AZ Slew (90°/min)
X Slew (30°/min)
Y Stew (30°/min)
AZ Slew Sense

X slew Sense

Y. Slew Sense

* Converse ig true for Logic 0",

In Progress = Logic "1"*

*
Accept Computer Control = Logic "1"
Change SF = Logic nyo*

Slew Command = Logic ¥
Decreasing True Hdg CX = Logic Ol

With True Hdg CX at 0°, Decreasing
Roll CX = Logic np e '

 With True Hdg CX at 0°, Decreasing_

Pitch CX = Logic "1""

Note that "X Slew" and "V Slew" refer to slewing about the X and Y

gyro input axes, respe_ctiirely. No provision is made for slewing about

the outer roll or the pitch axis alone.

2. Gyro Pulse Torquing Signals

Gyro _bulse tdrquing for drift compensation, earth rate compensation

and motion compensation (used for maintaining the local vertical frame)

is commanded by the flight computer. Signals needed are:

GYPTO Logic, WX

GYPTO Logic, W

Pulse Train

200pps

Y
GYPTO Logic, WZ Pulse Width = 5000 ws

Current Requirements = 3 mA max

GYPTO Clock Pulses Pulse Rate = 200 pps
' Pulse Stability = 100 ppm
Pulse Width = 1 s at 4 VDC

Critical Design Feature Definition

Several design features of the AN/ASN-90 IMU have been identified as critical to
the demonstration program. That js, normal performance of these system features



may be marginal for a complete demonstration of failure detection for the space

shuttle.

A. Gimbal and Gimbal Angle Readout Problems

Thereis a general problem of gimbal accuracy requirements with respect to inflight
-alignment and failure detection. Angle readouts are presently limited. To modify
the system would require changing the gimbal accuracy specification or developing
anew calibration techriique. Single speed synchros should be replaced, and additional

temperature control provided.

All synchros should be read as close to simultaneously as possible. If individual

tracking S/D converters are used (three per IMU or nine in all), then it is possible
to read all synchros 50 times/second. If an attémpt is made to multiplex syncnro
outputs and use a single S/D converter, reading all angles will require 900 ms

(update/se_c). Therefore, nine individual, tracking S/D converters are suggested.

B.  IMU Mounting

A mounting orientation of KT-70 in the shuttle vehicle for .both pre~launch
gyrocompassing and avoidance of gimbal flip during boost requires further careful

study.

IMU caseisolation pads cause a possible problem for gimbal angle failure detection

on a common navigation base.

1. Accelerometer Counters ‘

The two AV loop is presently unsynchronized with accelerometer counter

readings.

All accelerometer counters should be frozen simultaneously and read
in a time less than the time required for two pulses from any ac-
celerometer. This assumes that the one bit sensing circuitry is designed
for no fault operation. This is different from a single KT-70 interface

where accelerometer counters are frozen and read sequentially.
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D. . GYPTO Computer Requirements

The requirement for GYPTO inputs every 5 ms is out of proportion with the number
of data transfers needed for velocity and gimbal information. This is in no way a
serious problem using a parallel interface, as is envisioned, but would cause
congestion on a serial bus such as might be used in a flight vehicle application of
multiple ‘systems and redundant computers. It is, therefore, recommended that the
binary torquing be handled by circuitry in the interface. This will not limit the
ability to compensate for errors. It will simply reduce the computer overhead for

handling compensation to actual net torquing.
A-VII. Summary

This Appendix is an effort to gather baseline information on the KT-70 IMU in a
" single source. A model of the IMU and its inertial components is given and
complemented by estimated parameter values. The electrical interface_at the IMU
is described, although no attempt to describe the proposed system mechanization -

is made.
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B. ‘ Flow Chart of the Multiple IMU System
B.1 Introduction

The digital model of the multiple IMU system is explained by an anotated
flow chart. This description includes the logic for both the singlé
position tests described in Chapter 6. A glossary follows the flow chart.

Read Parameters

Py * *
ASFM, ACRC, AMIS

Initialize Instrument & Gimbal . . .

Error Models, POSN = 0 CGSD,GMIS Defined
’ in glossary.

Initialize 9, and WIEL : a & WIE in Lab Frame

Go to
Init

One Position
. Flagup
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T

New POSN [ POSN = POSN ¥ 1

: Go to
19
POSN >6. * More
INTT Command Gimbal Angles gﬁr&li\z 1|2€-5Vector y
Initialize AV Count. I'ANg
t =0 t = Test Time

\

Modify GANG by Resolver
Error Model

| Record Initial GANG

l

Construct CjK where Ci =C‘4’i Céi CqSi C9i' a 3‘><3matr|x
c, - . , .
CIK- | Cilsa 12 .><3 mqtrlx
<3
Cq
Construct CR*ESV 0 is a 3 x3 zero matrix
where | cosy. secy. -sinV. secep -0
[RIO 00 | 2 i
cRESY L0 [R2/0 0 Ri =l siny Cos 0
0 {0 [R30 0 0 1
01010 Rg
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is

FDIA Test %160 to DELV |
Flagu
No
is " s
POSN ODD as t >120
? sec
Yes No -

DELV- T Avit) - AV( t- A+
At (ASFM) | AB ACRCAMlS CIK gL)i

Go to FDI

Gvr Fourth Order
yro Runge - Kutta integration of

Diff Eq. for Gimbal Angles

ﬂGANG - CRESV,(BD 5 GMIS
CJK WIE - ccsn GMIS |

cIK gL)
' “Yes
Test Flag Go to Matrix
>2040 sec Go to Matrix

No

Out Czﬂcu@te Y- Vectors
- WX, WY ,WZ from

GANG, GANGO

©
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More

%

Determine Average Drifts, FaX Y 7
WXAV,WYAV, WZAV By =4
WiAV = 1/4  Wj; i=1234
¥y S
Form - —. - i
DW.=W. - W.AV | =4
[ ;
0'j=SQRT(DWj-DWj)I 3
ERROR. =30 1 - W;
i 7 J
Compare O'j,ERRORj with pre-
scribed limits. Raise flags as
needed.
v -
STORE Z;-_VPOSN in pulses/ sec
Goto |
" |New POSN
- if POSN = 2,j=X
c . 26 -1| if POSN =4, j=Y
. : XV : if P =Q-i =
j,i [.ASF][AV'POSN—I AVIPOSN] 'SEOSN 6 =Z |
KSE. . = Acc. i
BL.  =AV. . (ASF)(1- KSE )+G j,i - Acc. SF ERROR, Axis
’ J!I J’ j, lMUl

R

Go to New POSN

BLJ. i = Acc. Bias Axis j, |MUi

Calculate ASFE, A Bias for all Accelerometers.

Compare with Prescribed Limits and Raise
Flags as needed,

GO

172



FDI Enter Powered Fit. FDI

Yes Exit
| No

Form V ave

!

Form y{ for ea. IMU | -

Form VERi . for eacﬂ
Sensitive” Axis

Does
VERjj
Exceed acc. isolate
ratio ‘

Yes

Form Total Square Fail IMU I,
Error Each MU T | Reconfigure
Go to Gyro

Go to Fail

Fail MU |, Reconfigure

Y
Go to Gyr
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GLOSSARY

BD A 12-vector of gyro acceleration insensitive drifts.
* .
CGSD A 12 x 12 matrix modeling gyro g sensitive drifts
c ]
G'1_0_ _07 O - where O is a 3 x 3 zero matrix
0O G, O O and Gj is given by
0 0 G30 ] " Mixg Moxi Mexi
o 0 O G, —Moyi Mlyi Msyl
Mom Mszi M121
Here, MIi are the g sensitive drift
M terms about a given axis
st due to linear acceleration
Moi along the { input | axis.
spin
cross '
%
Gmis A 12 x 12 matrix modeling gyro sensitive axis misalignments

about the platform reference axes.

¥*
\

mis A similar matrix modeling accelerometer misalignments.

AB A 12-vector or accelerometer biases.

175



» :
ACRC A 12 x 12 matrix representing accelerometer measurement and
cross coupling errors. '

4, 0 O o
0O A,0 O
O O A; O
E) O O Af‘,h
i Acxy Acxz
h A. = | A
WHere 8 cyx 1 Acyz-
A Aczy 1
| — |
»
ASFM A 12 x 12 diagonal matrix consisting of factors of the form
1
Ky (1+ Kgpy)

where KSEij is the SF error of the ij accelerometer axis,

i=x,y,2, =12, 3, 4
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