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FOREWORD

The purpose of this contract was to demonstrate the applicability of a 1500 pound (6672.3 N)
thrust reverse-flow thrust chamber assembly for the Space Shuttle Auxiliary Propulsion System (APS).
Significant objectives of the program included the demonstration of high performance:[97% c* and
435 seconds (4266N sec/kg.) specific impulse] and rapid response at altitude conditions. Additional
design goals included the capability of a 50 hour firing time over a 10 year period with a million starts
and single firings of up to 1000 seconds.

The program consisted of analytical and test efforts to characterize and demonstrate the reverse-
flow thrust chamber concept. The program progressed through initial phases of definition and analy-
sis to sea-level firings with heat sink hardware, and into design and fabrication of hardware for long-
duration firings and pulse testing at simulated altitude test conditions.

The sea-level firings have produced injection configurations which are considered to be accept-
able in producing the altitude performance goals. The configurations of altitude test hardware per-
mitted evaluation of several thrust chamber nozzle section and nozzle extension cooling schemes.

The scheduled altitude test program included duration and pulse firings at “nominal’ conditions of
540°R (300°K) propellant feed temperature and 300 psia (206.8N/cm?) chamber pressure. A

survey of thruster operation was also conducted at high and low propellant temperatures and chamber
pressures. The combined efforts of test coordination, data evaluation and cooled chamber design
required substantial contributions from the following individuals: Mr. N. Roth, Project Engineer;
Messrs. N. Safeer and J. Panosian, Test Coordination and Data Evaluation; Messrs. R. Bryndle and

J. Martino, Test Directors.

Finally, hardware designed to compensate for suspected low temperature performance decrease
was tested to demonstrate the performance recovery at proper design condions. The accomplish-
ment of these goals was made possible by the cooperation and significant contributions of specialists
including Messrs. N. Roth, N, Safeer and J. Panosian in the thrust chamber design, Messrs. L. Baker
and G. Sabak for detailed analyses, Messrs. M. Shorr and G. Le Blanc for components, Messrs.

J. Martino, R. Bryndle and E. Oleksy in test and Mr. W. Sanscrainte for the project analysis.
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I. SUMMARY

A program to evaluate the use of a gaseous-hydrogen and gaseous-oxygen-fueled reverse-flow
engine for the APS application of the space shuttle was undertaken. Principal testing of the 1500 Ib
(6672N) thrust rocket engine was performed at simulated 100,000 ft (30,480M ) altitude with a 40
to 1 area ratio nozzle. The prime objective of the program was to demonstrate 435 seconds (4266N
sec/kg.) specific impulse in an engine configuration which would allow for a vehicle internal installa-
tion while withstanding a million starts.

The program was conducted in 10 segments which included component design, fabrication
and test. Preliminary segments were scheduled to allow for combustion component demonstration and
evaluation before fabrication of the altitude demonstration engine. This early test program, called
injector testing, was successful in its purpose, allowing a combustor configuration to be selected which
produced acceptable performance and heat rejection. The selection of the combustor configuration
then allowed progression into the cooled thrust chamber fabrication and evaluation portions of the
program.

The cooled thrust chamber tests demonstrated the capability of the engine to exceed the pro-
gram objective of 435 seconds (4266N sec/kg.) specific impulse. If, as an example, a regeneratively
cooled nozzle were accepted, a nominal performance of 440 seconds (4315M sec/kg.) specific impulse
could have readily been exceeded at ambient propellant temperatures. Since interest waned for a
regeneratively cooled nozzle divergent section as a result of vehicle studies, a more applicable dump-
cooled columbium design was substituted and the cooling requirements examined. Testing demonstrated
that the columbium unit could be adequately cooled. With a modest performance decrease for ad-
ditional cooling, a stainless steel divergent nozzle section could be employed.

The evaluation of temperature effects on operation became important as vehicle studies in-
dicated the probable use of less than ambient propeliants. The program continuation took two forms;
one of evaluation of ambient designs at cold temperatures; a second included an addition to the pro-
gram of a unit designed for cold propellants. The cold propellant design incorporated changes that in-
jected the cold propellants at the same velocity as the original ambient design.

The concern that cold propellants would result in decreased performance was confirmed in test.
The expected propellant energy loss is nearly 2-1/2% where the ambient designs displayed an additional
loss of some 7%, attributed to the decrease in injection velocity as the mass flow remained constant and
the density increased. The injector designed to compensate tor this difference was extremely success-
ful in producing a 431 second (4227N sec/kg.) specific impulse at the decreased propellant temperatufe.

Prior to conducting the propellant temperature test series, duration test of the design in an in-
sulated configuration was demonstrated. Preliminary tests set up the configuration to use about 7-1/2%
of the fuel to “dump” cool the nozzle extension. Film cooling of the chamber was accomplished with
the remaining injected fuel. The 500 second test conducted was without incident and could have been
readily repeated if inclination or funding had so defined.

The remaining tests included the demonstration of pulsing operation. Sufficient testing was con-
ducted to demonstrate rapid response operation in a variety of pulse on and off times. The condensed
pulse program showed a very reasonable level of pulse performance achievement as well as the capability
to achieve repetitive starts when valve timing and ignition were not an influencing factor. Both the valve
and ignition operation were somewhat hampered throughout the program by the original limitation of
“off the shelf hardware”.



The final results of the program suggested that the objectives had been met. The scale-up
of the reverse flow chamber to a 1500 1b (6672N) thrust level was demonstrated.

The achievement of performance objectives suggests not only that the feasibility of such an
engine has been demonstrated but that design objectives have been incorporated. A section illustra-
ting such a flight-weight design has been included in the later sections of this report.



I1. INTRODUCTION

This report presents the analytical and experimental effort to investigate a “Reverse-Flow”’,
gaseous hydrogen/gaseous oxygen, rocket engine for the auxiliary propulsion system of the Space
Shuttle. The reverse-flow thrust chamber consists of a spherical combustion chamber and a conven-
tional nozzle. The oxidizer is injected into the combustion chamber through a single swirl cup at
the head end of the chamber. The fuel enters the engine in the divergent portion of the nozzle and
the fuel circuit includes regenerative cooling passages from a low area ratio of the divergent nozzle
through the throat to a station in the convergent nozzle section. The fuel is injected rearward through
slots terminating the regenerative cooling passages. The fuel travels along the spherical combustion
chamber wall and is then turned into the oxidizer at the outlet of the O, swirl cup.

Assessment of the reverse flow design indicated a number of potential advantages relative to
conventional multielement injectors and regenerative or film cooled combustion chambers. The
potential advantages which led to the award of contract NAS 3-14353 include:

1. The injection of fuel and oxidizer at separate locations and the single element oxidizer
injector approach provides a significant simplification of propellant injection.

2. The fuel flow circuit provides regenerative cooling of the throat combustion section
with all the H, flow (less any H, employed for film cooling of a nozzle extension). The chamber is
film cooled in the reverse or counter flow direction, the effectiveness of the counter flow film cooling
allowing the use of an insulated wall spherical combustion chamber fabricated from stainless steel.

3. The cooling of the spherical combustion chamber wall and the mixing of O, and H,
flows allows direct spark plug ignition of the main propellant flows. The spark plug can be installed
in any circumferential position toward the head end of the chamber. The direct ignition of main pro-
pellant flows eliminates the requirement for any auxiliary combustion chamber of alternate ignition
methods. The direct ignition also eliminates requirement for any devices, such as valves, to sequence
ignition flows and main propellant flows.

4. The method of propellant mixing incorporating a high level of eddy and vortex transport
promotes the attainment of high combustion efficiency.

5. The simplicity of propellant injection and the effectiveness of chamber and nozzle cooling
provides the potential of designing a compact lightweight thrust chamber with essentially an unlim-
ited life cycle capability.

The analyses and test efforts reported show that the above advantages were maintained
and/or demonstrated in the conduct of the Space Shuttle APS reverse flow engine program.

The reverse flow rocket engine concept was originally conceived at the Air Force Institute of
Technology, Wright-Patterson Air Force Base and several analyses and test firings were made there
and at the Institute of Technology, USAF Academy (References 1-6). BAC Company supported
programs began in 1968 with 50 1b (222 N) thrust gaseous O, /H, and gaseous F, /H, thrust
chambers. The results of those assemblies led to the exploration of the concept at 1,000 Ib



(4448 N) and a chamber pressure of 250 psia (172.4 N/cm?) (Figure 1). The 1,000 1b (4448 N)
engine was test fired 188 times for a total accumulated run duration of 1265 seconds (Ref. 7).
The company work resulted in programs of development of a 251b (111 N) F, /H, engine for
AFRPL, Figure 2, (Ref. 8) and the 1,500 Ib (6672 N) O, /H, engine described in this report.

The scope of the NAS 3-14353 program is indicated by a listing of the contract technical tasks:

Task I —  Injector Analysis and Design

Task II —  Injector Fabrication

Task II1 —  Thrust Chamber Analysis and Design
Task IV —  Thrust Chamber Fabrication

Task V —  Ignition System Analysis and Design
Task VI —  Ignition System Fabrication and Checkout
Task VII —  Propellant Valves

Task VIIIT —  Injector Tests

Task IX —  Thrust Chamber Cooling Tests

Task X —  Pulsing Tests

Task XI —  Reporting Requirements

These tasks form most of the major subdivisions of the main text of this report. Company
sponsored analyses and tests which were carried out to complement the definition and demonstra-
tion of the reverse-flow engine concept are included with the related contract effort description.



ouI3uy MO [J 9SI9AdY ISNIYL (NSTH¥) A1 000T °T oan31g




A1quessy Ioquey ISNIYL MO[d os1oady (NTIT) A1-§3 °Z om31g

i
Ve
BEATE
< lL';

<

|
_

an
Cll

.ml__m____v____m____m__"_




I1I. CONTRACT REQUIREMENTS AND PROGRAM PLAN

The contract design point and operating ranges are summarized in Table 1. The gaseous hydrogen
and oxygen propellants met the requirements of MIL-P-27201 and MIL-P-25508A. The O, and H, feed
pressures of 375 psia (258.5 N/cm?) were defined at the engine valves inlets. The life cycle requirements
were based on 10,000 pulses per mission for 100 missions during a 10-year period. Additional design and
demonstration goals included 97% characteristic velocity efficiency; 435 seconds (4226 N sec/Kg)
specific impulse; compatibility with propellants, test fluids, and cleaning fluids for 10 years; minimum
servicing and refurbishment; and ease of service and maintenance when required. The maximum demon-
stration duration (Table I) was 500 seconds. This duration was considered to be representative of long
firings although the specified design maximum was 1,000 seconds.

Tasks I, II and VIII of the contract work statement, Injector Analysis and Design, Injector
Fabrication and Injector Test lead to the definition of injector configurations for altitude testing of
complete thrust chamber assemblies. The Analysis and Design, Fabrication, and Testing of the thrust
chamber assemblies comprise Tasks II, IV, IX and X.

Tasks I, II and IX, Injector Analysis and Design, Injector Fabrication, and Thrust Chamber Cooling
Test, were amended in June 1971 to add the design and demonstration of a thrust chamber assembly with
nominal propellant feed temperatures of 375°R (208°K) (O,) and 250°R (139°K) (H,). Performance
loss due to reduced feed temperature was to be minimized in this design.

Tasks V, VI and VII included the effort to define, procure and check out spark ignition systems
and engine test valves. The general time phasing of the major program tasks is depicted in Figure 3. The
supporting programs effort consisted of company-sponsored analyses and testing which complemented
the contracted tasks.



TABLE 1
APS ENGINE REQUIREMENTS

Contract
Design Point NAS3-14353
Thrust 1500 Ibf (6672 N)
Chamber Pressure " 300 psia (206.8 N/cm?)
Mixture Ratio 4.0
Feed Pressure (Valve Inlet) 375 psia (258.5 N/em?)
Area Ratio 40

H, Feed Temp
O, Feed Temp
Min Impulse Bit
Max Firing Duration
Life Cycle Pulses
Steady State
Cumulative
Max External Temp

540 and 250°R (300 and 139°K)
540 and 375°R (300 and 208°K)
501b sec (222.5 N sec)

1000 sec

9x 10°

1x10°

50 hr

800°F (426°K)

Operating Range

P,

O/F

Feed Pressures

O, Feed Temp

H, Feed Temp

Duration (Demonstration)

100 — 500 psia (68.95 —344.7 N/cm3)

3-5
As Required

Saturated Gas 250—800°R (139—444°K)

200 — 800°R (111 — 444°K)
500 sec

Goal

Specific Impulse (Isp)

435 sec (4266 N sec/kg)
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IV. INJECTOR DESIGN AND ANALYSES

A. SELECTION OF TEST VARIABLES
1. Definition of Injector Variables

Figure 4 presents the components and general geometry of the reverse flow engine
configuration employed for injector testing. Figure 5 shows an oxidizer cup and a fuel injector.
The heat sink chamber assembly includes provisions for complete disassembly to evaluate several dif-
ferent oxidizer cups and fuel injectors.

The oxidizer and fuel injection design variables are shown in Figure 6. The O, swirl cup
is defined primarily by the cup inside diameter, D, the outlet diameter, D, and the area of the swirl
holes, A;. The O, gas efflux angle a and the ratio of tangential and axial velocities of the diverging
O2 gas sheet are functions of the ratio of D1 D2 . Those functional relationships will be discussed in

A
s
more detail in subsection B, Flow Calculations. The oxidizer cup pressure drop is determined largely
by Ag and D2 .

Part of the O, flow is injected through a central-orifice in the cap of the oxidizer cup.
The primary function of the O, center flow is the prevention of combustion product circulation into
the oxidizer cup.

The oxidizer cup axial length, the converging geometry of the cup between the Dl and
D. diameters, the inlet geometry of the center flow hole and the swirl holes, the number of swirl
holes, and the angle of the swirl hole centerline relative to the centerline of the cup complete the swirl
cup design.

The fuel is injected tangential to the combustion chamber wall and includes the design
variables of fuel injection station and the additional parameters shown in Figure 6; the slot width and
height, spacing between slots and the turn angle B at the oxidizer cup outlet. The total number of
fuel injection slots is based on the number of throat regenerative cooling passages; each passage term-
inates in an injection slot. The slot width and height is based on the injection velocity desired, the
fuel injection station, the density of the H, at the point of injection and the allowance for C, the
dimension between slots. A small C dimension insures complete film cooling of the chamber wall at
the fuel injection station. The maximum fuel injection velocity is limited by the available engine H,
feed pressure; most of the fuel circuit AP is associated with the H, injection velocity.

The basic configuration of the reverse flow thrust chamber with the oxidizer injected at
the head end and the fuel in the convergent throat together with a spherical combustion chamber
" makes the chamber volume or characteristic length a primary injector variable. For given oxidizer
and fuel injectors, the chamber L* defines the length of chamber film cooling path, the velocity of
the H2 at the point of O, injection and the overall mixing pattern of propellants within the combus-
tion volume. In like manner, changes to the fuel injection station with other variables fixed includ-
ing L* could be expected to change the combustion efficiency and heat rejection.

10
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Figure 5. Oxidizer Swirl Cup and Fuel Injector
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2. 1000 Ib (4448 N) Thrust Baseline Characteristics

The operating characteristics of the 1000 1b (4 448 N) reverse flow engine demonstrated
before the start of the contract effort were close to the NAS 3-14353 goals for operation with am-
bient 540°R (300K) feed temperature propellants. The baseline injection characteristics of the 1K
engine and the chamber L* were based on the earlier low P, 50 1b (222 N) tests conducted at BAC, the
data available in the literature (References 1-6), and a limited series of injector characterization test
firings of the 1K engine. Figure 7 presents some of the details of the engine. The figure includes a
line between the O, inlet and the combustion chamber to provide O, gas augmentation at the spark
ignitor.

The 1K engine demonstrated a characteristic velocity efficiency of 95 to 96% at 250-
psia (172.4 N/cm?) chamber pressure, a mixture ratio range of two to four and a maximum regenerative
cooled throat temperature of approximately 1000°F (811°K). The highest percentage of character-
istic velocity was obtained at low O/F operation (Figure 8). The maximum combustion chamber wall
temperature was 1200°F (922°K) for duration firings at an O/F of 4:1. The NAS 3-14353 contract
goals of 97% c* and 1 x 108 cycle life required increase of the combustion efficiency and a reduct-
ion of the throat heat flux in addition to the scaling of thrust and chamber pressure to 1500 1bf
(6672 N) and 300 psia (206.8 N/cm?).

The 1000 1b (4 448 N) unit incorporated a chamber characteristic length of 32 in.
(81.3 cm) and a fuel injection station at a contraction ratio of 4:1. The ratio of the maximum com-
bustion chamber cross-sectional area to throat area was 9:1 for the 2.55-in. (6.47 c¢m) radius spheri-
cal combustion chamber and 1.70-in. (4.32 c¢cm) throat diameter. The fuel injection slots were sized
for an injection Mach No. of approximately 0.50.

The 1K engine oxidizer injector employed a cup I.D. of 1.594 in. (4.05 cm) a cup outlet
diameter of 1.00 in. (2.54 cm) and 24 swirl holes of 0.140-in. (0.357 cm) diameter. The product of
cup diameters divided by the area of the swirl holes was 4.27 giving an O, efflux cone angle of
approximately 23 degrees to the centerline. The oxidizer cup pressure drop was 140 psi (96.5 N/cm?)
at P; = 250 psia (172.4 N/em? ) and O/F =4, and 14% center flow.

3. Selected Variables

The initial NAS 3-14353 program effort was directed toward a combustion chamber with
a propellant feed temperature design point of 540°R (300°K). Amendment 2 to the contract established
a second design point for low feed temperature operation after experience was gained with operation
of the 540°R (300°K) design hardware.

The preceding discussion of test variables and the results with the 1K thrust chamber in-
dicate that a wide range of oxidizer injection could be investigated with minimum hardware cost by
fixing the cup diameter D, and varying the outlet diameter D, , the swirl hole area and the percent
centerflow. One configuration of combustion chamber cup mounting would be required with D,
fixed. The oxidizer injection angle, the cup AP and the total velocity of O, injection could be varied
by changing the D, and swirl hole dimensions. Changes to the remaining cup design characteristics
such as the contour between D, and D, and the number of swirl holes as defined by the 1K (4,448 N)
engine were considered to be of secondary or negligible effect on the O2 injection pattern.

14
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The chamber L* was selected as a test variable for the 540°R (300°K) design to estab-
lish the relationship between combustion volume and the percentage of characteristic velocity achieved.
An L* of 32 in. (81.3 cm) was established as the baseline, and 42 in. (107 cm) and 22:in. (55.8 cm)
characteristic length/contours were defined as shown in Figure 9.

Fuel injection velocity was a logical choice of injector test variable in view of the increase
of % c* observed with the 1K (4,448 N) unit with decreasing O/F. The higher relative flow rate of
fuel at low O/F provided higher fuel injection velocity with the fixed-geometry 1K (4,448 N) hard-
ware.

The additional variation of fuel injection station was not included in the initial injector
characterization at 540°R (300°K). A partial evaluation of that variable would be achieved with
tests at different L*. As shown by Figure 9, the relative distance between the planes of fuel and ox-
idizer injection increased with increasing L*. The number of pieces of injector test hardware and the
number of tests would have been substantially increased beyond the program scope to include fuel
injection velocity, L* and fuel injection station. The fuel turn angle at the oxidizer cup outlet was
held constant equal to that of the 1K (4,448 N) engine for the same reasons.

The injector tests conducted with the 540°R (300°K) hardware resulted in the selec-
tion of 32 in. (81.3 cm) L* for continued 1500-1bf (6,672 N) engine testing. The highest fuel injec-
tion velocity consistent with the available fuel feed circuit pressure drop gave the highest combustion
efficiency. The fuel injection velocity was observed to have more influence on performance than
equivalent percentage changes of the O2 injection velocity. An optimum oxidizer cup was also de-
fined after thrust chamber firings at altitude based on a trade-off of pressure drop and engine Igp.
The fuel and oxidizer injectors exhibited nominal pressure drops approximately 10 psi (6.89 N/cm?)
and 25 psi (17.24 N/cm?) respectively, above the contract goal of 75 psi (51.7 N/cm?).

The selected 540°R (300°K) design configuration exhibited an Isp fall-off of approxi-
mately 9% when operated with 250°R (139°K) fuel and 300°R (167°K) oxidizer. The performance
reduction showed that the injection velocities played a dominant role in achieving high combustion
efficiency. The design of the fuel and oxidizer injectors for the low-temperature hardware compen-
sated for the increased density of the propellants. The design of the fuel and oxidizer injectors for
the low temperature design hardware was based primarily in providing injection velocities equal to
or approaching those exhibited by.the 540°R (300°K) hardware. The low temperature design oxidi-
zer cups incorporated similar angles of O, injection to preserve the fuel and oxidizer mixing pattern
but with lower values of D, and A to increase O, injection velocity. The height of the fuel injec-
tor slots was reduced in the low temperature hardware design to provide an injection velocity ap-
proaching that of the ambient hardware.

The calculated pressure drop to match both the fuel and oxidizer velocities was above
the contract goal. Consequently, additional oxidizer cups were designed with lower pressure drops
at some expense in the injection velocities. The reduction of fuel AP and fuel injection velocity required
some offsetting feature because of the observed strong dependence of % c* on the H, injection velocity.
One additional change was available to counteract the anticipated combustion efficiency loss; the
fuel injection station. Injection at a higher contraction ratio or closer to the plane of O, injection
would provide a shorter fuel film flow path and would offset the lower H, injection velocity.
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The following section of this report describes the analytical and test methods employed
to establish the various injection parameters and presents the numerical values associated with the
above general description of test variables.

B. FLOW CALCULATIONS

1. Oxidizer Cup

Early in the program the oxidizer cup injection angle was defined, using a simplified
swirl atomizer correlation reported by E. Griffen.® In the analysis the efflux angle a of a cup is
established as:

_K D, D,
a ——
Asg
where:
K = constant determined empirically
D, = inside diameter of the cup
D, = the cup outlet diameter
Ag = total area of the tangential swirl holes

The value of K was established by cold-flow testing of both the 1000 Ib (4,448 N) and
1500 1b (6,672 N) oxidizer cups with ambient air back pressure as described in Section XI A of this report
The efflux angie was employed as a comparative description to identify different oxidizer cups de-
signed for 540° R (300°K) operation. The efflux angle for injection into the combustion back pres-
sure was not established by measurement. The efflux angle was observed to be largely independent
of density and therefore not suited for extrapolation of 540°R (300°K) designs to the low feed temp-
erature design requirement. The cup pressure drop calculations employed the gas flow-orifice equation,
the A of the swirl holes and the empirically derived vortex flow crossection at D, for the AP between
the inside of the cup and the combustion chamber.
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The more detailed analytical approach taken to define the characteristics of the oxidizer

swirl cup assumed a flowfield which is inviscid, axisymmetric and compressible. The effects of center-

. flow are accounted for only by decreasing tangential inlet flow. These assumptions result in the follow-
ing system of differential equations for the steady-state flow field where a cylindrical coordinate

{V aVr Vog } _ aP
P I or r or
vV, V; Vg
P {Vr (i + I 8}= 0

) or r

2 (rvp =0
or

@)@

. Nomenclature
P = Density
v = Velocity
P = Pressure
r = Radius

= Specific heat ratio

M = Mach number
2P

= 2Prota/Pstatic =
S

1
(2)
3)

C))

Subscripts

= Radial
= Tangential
= Total

= Static
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system is used. The approach leads to a free vortex with radial components and is believed to be
an accurate simulation of the flow field outside the core area.

Closed-form expressions for pressure drop and radial velocity cannot be obtained directly for the
compressible case. However, a first order correction on the incompressible solution results in the
following expression for nondimensionalized radial velocity:

1-r*? 1/2
Vit = 1+¢7M2[r*2] (5)

where V* represents the radial velocity divided by the tangential inlet velocity and r* is a nondimen-
sionalized radius(r*=r/rcyp), £ is the value of V;* at the cup wall, and M is the injection Mach num-
ber. Use of this expression in the momentum equation shows that for practical design considerations
the pressure ratio can be approximated by:

-1 1 -r*2 /Iyt
=1 (;—7') (=" (6)

Here, ¢ represents twice the ratio of the injection dynamic to static pressure and p* is the pressure
relative to the static pressure at the wall.

As the flow approaches the core region, it cannot retain its free vortex character. Viscous -
effects must come into play and the flow approaches that of a bound vortex. This conclusion has been
empirically substantiated in numerous cases. In addition, axial flow components appear and begin to
dominate the flow field. The simulation used in the core region therefore involves a bound vortex
tangential velocity assumption and an isentropic one-dimensional axial flow model. The thickness of

- the annular core is established by requiring satisfaction of the continuity equation (mass flow in equals

mass flow through annular area) and a pressure at the free surface equal to chamber pressure. The related
equations are: '

Y-
—o (Y1 Y1
p*x = §]. ¢ <7Y-> { 1-r*? 1 } (7)
for the bound vortex and: 2 v-1 1/2
= — — 1' -
vos 7o |(57) Be () (=) dr ®)

1
for axial flow and velocity.

These equations plus the additional assumption of isentropic expansion across the tangen-
tial swirl holes were programmed for computer solution. Several different cup geometries were cal-
culated for O2 flow at 540°R (300°K) and excellent agreement was achieved between the predicted
and observed pressure drops as shown in Figure 10. Direct pilot measurement of the total velocity also
showed good agreement with the calculated measurement. The pressure drop agreement lends
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Figure 10. Predicted versus Observed Pressure Drops for Various Swirl Cup Injectors
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credibility to the axial, tangential velocity and total velocity vector values which are part of the same
solution, Table II.

A parametric study was conducted, using the more detailed oxidizer flow field equations
to establish axial and tangential velocities, velocity ratios, and the vortex flow thickness at the cup
outlet as a function of D, D, and A for operation at the low feed temperature design requirement
of 375°R (208.3°K). Sample data from the study is given in Table III together with the calculated
values for the one configuration oxidizer cup operating with 540°R (300°K) O,. The selection of cup
designs for the low temperature operation was made on the basis of the parametric study. The earlier
approach of using the calculated AP and efflux angle was superseded by the more detailed calculations.
Subsection D will describe the performance relationships established as a function of the oxidizer and
fuel injection characteristics.

2. Fuel Injector

Isentropic compressible flow equations were used to define the fuel injection character-

istics:

. [~ o

W _ Y Po M

A \/R To <I+Y_1LM2)V+1

2 2(Y-1)
Y

Jo - (14Xl my) ¥4

P 2

VH
M = :
v YRTg
where W = H, injection mass flow rate

A = total injection area

Y = ratio of specific heats

R = gasconstant

P = pressure

T = témperature

M = injected H, Mach number

VH, = injected H, velocity

g =  gravity

Subscripts: 0 = stagnation or total

The injection stagnation temperature, T, is a function of the thrust chamber hydrogen
inlet temperature and the H, temperature rise associated with nozzle regenerative cooling up to the
point of hydrogen injection.

The initial fuel injection calculations were made on the basis of assumed values of H,

injection velocity at a T, of 540°R (300°K) and nominal H, flow, which fixed the total fuel injec-
tion area for each velocity selected for evaluation.
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The calculated injection AP is presented as a function of the H, injection velocity in
Figure 11 for T = 540°R (300°K).

The injector testing established the nominal H, injection velocity for the subsequently
designed cooled thrust chamber. The injectors of the cooled thrust chamber Configuration were
sized on the basis of injector test hardware results adjusted for hydrogen heating in the nozzle cool-
ant passages. The fuel injection area of the film- and dump-cooled nozzles were adjusted to compen-
sate for the bleed off of the H, coolant upstream of the injection orifices.

The operation of the thrust chamber designed for 540°R (300°K) propellant inlet temp-
eratures at low propellant feed temperatures showed a loss of combustion efficiency. As predicted,
the operation of the 540°R (300°K) design injector at the low propellant feed temperatures resulted
in a reduction of V_H2 as a result of the increase of propellant density;

w .
Tfl?— = constant for a given = (p1 V1)540°R (300°K) = (p, V,) low temperature.

O/F and combustion
efficiency at nominal
thrust and chamber
pressure.

Consequently, the fuel injector of one of the low feed temperature designs was sized to increase the
fuel injection velocity to that of 540°R (300°K) hardware.

The second low feed temperature design fuel injector incorporated a changed point of
fuel injection and a lower injection velocity based on an overall reduction of H, feed circuit pressure
drop of 20 psi (13.79 N/cm?) as described in Section IV.A.3.

C. DESIGNS
1. Oxidizer Cups

The 1000 1b (4,448 N) reverse-flow engine oxidizer cup was scaled to the 1500 Ib
(6,672 N) level by matching the average velocity at the cup outlet, D,, accepting the same ratio of
inside diameter to outlet diameter, D,/D,, and employing the same ratio of diameters and swirl hole
areas, D; D, . The more exact analytical characterization of the oxidizer injection was not available

A
s
for design purposes at the beginning of the program. This first approximation and two other variations

were cold-flow tested (Section XI) to compare velocity profiles and gas efflux angle at the cup outlet
relative to the highest performing 1K (4,448 N) cup.

24



Fuel injection
Temp. = 540°R (300°K)
O/F=4

N/cm? psi
68.95 L 100
6205 | 90
55.16 | 80 /
48.26 70 /
. 41.37 60 /
Q
. 2
o /
Q
34.47 ::;: 50 /
&
: /
2758 } 40
20.68 | 30 /
13.79 } 20 //
689 L 10 A
0
1000 (304.8) 2000 (609.6) 3000 (914.4)
Fuel Injection Velocity, ft/sec (m/sec)
Figure 11. Fuel Injection Pressure Drop versus Fuel Injection Velocity
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The 3 designs were as follows:

D,D,
D, D, D, D, Aq Ag 202
_in. cm_ _in. cm sq. in. cm? As o
1.90 483 1.189 3.02 0.520 3.35 4.35 23°
1.90 4.83 1.427 3.62 0.421 2.72 6.44 28°
1.90 4.83 1.427 3.62 0.520 3.35 5.22 25°

where « is the gas efflux angle.

Trends of increasing combustion efficiency were explored during injector test firings by extending the
range of cup characteristics to encompass

D, = 1.189,1.427,1.660 in. (3.02, 3.62 and 4.22 cm)
Ag = 0.294-0.520 in.2 (1.90 - 3.35cm?)
a = 23-39°
% Centerflow = 1.5-15
D,D, = 4.35-10.73
Ag

The general configuration of the oxidizer cup as shown in Figure 4 permitted interchang-
ability of the various cup configurations. The percent centerflow changes were facilitated by the re-
movable cup cap. Several of the changes to Ag were simply accomplished by installing metal pins in
a number of the 24 swirl holes. A total of 12 variations of the ratio of D| D, /A or the related gas
efflux angle a and percent centerflow were evaluated for design operation at 540°R (300°K) feed
temperature propellants.

The oxidizer cups defined for low O, feed temperature, 375°R (208.3°K), are described
in Table HI, numbers 6, 7 and 8. Configuration 6 from that table provided the same oxidizer axial
and tangential swirl velocity as the principal 540°R (300°K) cup design. The principal cup designa-
tion here refers to the configuration which was selected from the injector test firings for most of the
thrust chamber cooling tests carried out under simulated altitude test conditions. The matching of
oxidizer velocities resulted in an increase of O, cup AP from 103 psi (71 N/cm?) for the 540°R (300°K)
design cup to 158 psi (108.9 N/cm?) for configuration number 6 as shown in the table. Configuration
number 8 was established on the basis of operation at 375°R (208.3°K) with the same cup AP as at
540°R (300°K) and with the same ratio of Vg to V, but with the reduced Vg and V, associated with the
reduced pressure drop relative to the configuration number 6. The third low temperature design cup,
number 7 of Table III, was defined on the basis of a pressure drop of approximately 82 psi (56.54
~ N/cm?) to assess lower AP operation in conjunction with a changed station of fuel injection. -

2. Fuel Injector

Three fuel injection velocities were selected for initial evaluation at the 1500 1bf (6,672 N)
level. The successful operation of the 1000 1bf (4 448 N) unit with an injection velocity of 2100 ft/sec
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n

(640 m/sec) provided the baseline design. Separate fuel injector rings were designed for the injector
test hardware to evaluate 2100 ft/sec (640 m/sec) H, injection and injection at approximately 1700
ft/sec (518 m/sec) and 2400 ft/sec (731 m/sec). Each of the 3 injectors incorporated 40 fuel slots
with a stot width of 0.292 (0.74 c¢m) inches and slot heights adjusted to give the desired velocity
(Table 1V). The results of the injector test hardware firings led to the selection of 2400 ft/sec

(731 m/sec) as the nominal design condition for the cooled thrust chamber hardware.

Adjustments were made in the slot height of the regeneratively cooled nozzle sections
for the increase of the adiabatic recovery temperature due to the regenerative cooling. Changes in
slot height were also made for changes to the H, combustion flow for nozzle sections which evalu-
ated H, bleed-off for nozzle extension and nozzle throat film cooling. The nomenclature of regen-
erative/film and regenerative/dump in Table 1V distinguishes between H, bleed-off for throat and
nozzle extension supplementary cooling respectively. The fuel injector of the nozzle section designed
for low propellant feed temperature was reduced in height for the lower fuel injection temperature.
The low-temperature design hardware included only nozzle extension dump cooling flow because
the throat film coolant configuration showed little improvement of the throat temperatures and the
recorded temperatures for nozzle extension operation indicated that auxilliary divergent nozzie cool-
ing would be required to meet the eventual cycle-life requirements.

The second fuel injector/nozzle liner section designed for low-temperature operation in-
cluded a wider slot width in keeping with the larger chamber diameter for the modified fuel injection
location. The second nozzle section was also designed for 20 psi (13.79 N/cm?) less fuel pres-
sure drop to comply with the hypothesis that lesser velocity was needed as the injection position was
moved forward on the chamber.

A change in the fuel injector made between the injector test hardware and the cooled
thrust chamber hardware was in the land thickness or section between injection slots. The section
thickness between slots was changed from approximately 0.020 to 0.040 in. (0.0508 to 0.1016 cm) to
increase the fuel injector ruggedness for parts handling during chamber assembly. Long-duration fir-
ings (over 100 seconds) showed heat discoloration and some pitting of the chamber wall immediately
downstream of this land area. The section (land area) was modified as shown in Figure 12 for the 500-
second duration firing. The modification reduced the localized chamber heating.

D. THRUST CHAMBER PERFORMANCE AND INJECTOR VARIABLES

During the program the emphasis of the injector design was placed on engine Isp or the per-
centage of theoretical c* together with the injector’s pressure drop. Cooling of the combustion cham-
ber for the life cycle requirements presented no problems, as all injector combinations tested provided
compatible temperatures or heat fluxes in the combustion and throat sections. At nominal flow rates
the observed maximum heat fluxes in the throat section indicated design margins of 1.4 to over 5 rel-
ative to the 1 x 10® cycle contract life requirement. The combustion chamber temperatures and re-
generative cooled throat section temperatures provided a high life cycle margin over the entire
range of operation (P¢, O/F, propellant feed temperatures). The thermal data and structural analyses
are described in some detail in later sections of this report. S

General trends of increasing combustion efficiency were noted during the injector test firings
at sea level and those trends were pursued primarily with additional oxidizer cup configurations. The
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TABLE IV

FUEL INJECTORS
Injection Design Slot Slot
Velocity * Temp. Width Height
fps (m/s) °R °K in. cm in. cm
Injector Test 1700 (518) 540 (300) | 0.292 (0.742) | 0.048 0.122
2100 (640) 540 (300) | 0.292 (0.742) | 0.038 0.097
2400 (731) 540 (300) | 0.292 (0.742) | 0.034 0.086
Cooled Thrust Chamber
Regen only 2400 (731) 540 (300) 0.274 (0.696) | 0.042 0.107
Regen/Film 2400 (731) 540 (300) | 0.274 (0.696) | 0.038 0.097
Regen/Dump 2400 (731) 540 (300) | 0.274 (0.696) | 0.040 0.102
Cooled Thrust Chamber
Regen/Dump 2400 (731) 250 139 0.274 0.696 | 0.023 (0.058)
Regen/Dump2 2150 (655) 250 139 0.359 0911 | 0.019 (0.048)
*At nominal O/F and P
1 Propellant feed temp.
2 Changed point of fuel injection
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performance of selected injector configurations was confirmed during the thrust chamber cooling
tests at altitude. Subsequently, the observed trends of operation were employed for the design of in-
jectors for low propellant feed temperature operation. The high percentage of theoretical Igp achieved
with the low temperature design hardware and an observed Igp in excess of the contract goal with the
540°R (300°K) design thrust chambers demonstrated successful exploitation of the injector test fir-
ing observations. The following paragraphs will discuss the observed trends of combustion efficiency
with changes to the fuel and oxidizer injectors and the attempts made to qualitatively relate the trends

with the hardware designs.

The trend of increased combustion efficiency was consistent with increased fuel injection vel-
ocity, with other variables fixed. The highest tolerable H, velocity injection with consideration of the
fuel circuit pressure drop budget, was used for the cooled thrust chamber designs.

Peak c* performance was obtained with approximately 5% centerflow and the performance
dropped on either side of this value. The heat rejection at the throat was reduced with increased O,
cup centerflow but the largest reduction was between 1.5 and 5% centerflow.

The two highest performance O, cups had high O, velocities; one cup outlet diameter was 1.19
in. (3.02 cm) the other was 1.66 in. (4.22 cm). The intermediate cup outlet diameter, 1.43 in.
(3.62 cm) did not achieve the same performance level even when the total velocity vector exceeded
that of the two highest ¢* units. A hypothesis is readily formulated from this data in that the balance
velocity vectors are of primary importance and not an either/or type relation found in shear mixing
combustors. Further consideration would rationalize that shear forces in opposing gas streams are im-
portant, leading to the conclusion that the combination of oxidizer swirl and fuel velocities would
optimize for a chamber of a given size.

The % c* with gas efflux angle or the related ratio of D, D, /Aq generally increased with in-
creased o, (where « =D, D, /As), but as noted with the injection velocities, high performance was
achieved at the lower and upper limits of D,. The lower and upper limits of D, translated to inter-
mediate and high values of a. The highest « tested, corresponding to 39° showed a marked c* fall-
off at an O/F above 4.0 when tested with a fuel injector designed for a lower injection velocity than
the maximum of 2400 ft/sec (731.5 m/sec). The c* fall off with the 39° cup indicated that the limit of

increasing a had been approached and the proper balance between oxidizer penetration (swirl) and
fuel velocity had been exceeded. It may be noted that the actual oxidizer emittance angle («) was

not measured under operating conditions but was extrapolated from the initial cold-flow calibration
results.

The percentage of theoretical c* for the thrust chamber cooling tests showed a fall-off of
about 1% from an O/F of 3 to an O/F of 5. Operation of high (500 psia) (344.7 N/cm?) and low (100
psia) (68.95 N/cm?) chamber pressure, by increase and decrease of O, and H, mass flow rates with
the fixed diameter throat sized for 300 psia (206.8 N/cm?) operation, indicated little change of per-
formance at nominal O/F. These observations are for fixed fuel and oxidizer injectors. The relative
change of the fuel and oxidizer velocities with O/F for one injection combination is shown in Figure
13. The c* achieved was relatively insensitive to the large percentage changes of fuel and oxidizer vel-
ocities over the range of O/F. The same observation can be made for velocity ratios versus chamber
pressure. The insensitivities appear to conflict with the performance change noted for changes of the
design velocity of the fuel injector at an O/F of 4. The lack of a simple relationship between the -
O, injection velocity and performance is also apparent.

29



30

=4

VO,
4, VO, @ O/F

VH,
VH, @ O/F

Velocity Ratio

0, Component Velocity Ratios

Pc=

300 psia (206.8 N/ecm?)

Ve vz 540°R (300°K) Feed Temp.
O/F =3 0.94 0.93 Fuel Injector
O/F = 4 1.00 1.00 2400 ft/sec (731.5 m/sec) at O/F = 4
O/F = b 1.05 1.06
Ox Injector
a = 28°
10% Center Flow
709 ft/sec (216.1 m/sec) Total
Velocity at O/F = 4
1.2 \
1.1
0,
1.0
A &
0.9 \
0.8

T

Mixture Ratio, O/F

o
o

Figure 13. Velocity Ratio versus Mixture Ratio



An attempt was made to correlate the percentage of ¢* achieved with such parameters as
injector velocities, gas efflux angle, cup outlet diameter, percent centerflow and the ratio of D; D,/
A of the oxidizer cup. The effort appears to be hampered by the inability to define the interaction
of the oxidizer-cone-directed combustion zone and the fuel near the point of H, injection. The result
showed that certain trends could be forecast, but that capability of mathematically describing a com-
bustion mode fell short of its goal.

A parallel effort to analytically establish a complete mixing and combustion model, progressed
to the point of partial agreement with the observed combustion chamber wall temperatures with one
set of oxidizer and fuel injectors. That “Spalding Mixing Model” is described in Appendix A. The
NAS 3-14353 program schedule and scope precluded the effort to complete the semiempiricaliza-
tion of the more detailed combustion calculations. It was hypothesized that the completed model could
also be employed to characterize the combustion as a function of the chamber diameter and length.

The subject of combustion modeling for the reverse flow engine is continued in Section
XVI, “Recommended Follow-On Technology.”
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V. INJECTOR FABRICATION

A. GENERAL

Due to the unique propellant separation of the reverse flow engine the injector fabrication
effort encompassed the two basic separate components to inject the oxygen and the hydrogen. The
fabrication of the associated manifolding to supply the propellants to each of the injectors was also
included in this task.

The three major elements in this task consisted of fabrication of the following:

(1) Oxidizer injector cold flow models
(2) Heat sink/sea level injector assemblies (oxidizer and fuel)
(3) Cooled injector assemblies (oxidizer and fuel)

Each of these major elements are discussed in detail in the following paragraphs.
B. OXIDIZER INJECTOR COLD FLOW MODELS

The oxidizer injector cold flow models were fabricated early in the program to allow charac-

terization of “scaling” from the 1000 Ib (4 448 N) thrust reverse flow chamber design to the 1500

Ib (6672 N) thrust design. The cold flow models were designed and fabricated to duplicate the cri-
tical parameters of the actual “hot fire” hardware. These parameters included flow areas, injection
orifices, manifold volumes, baffle configuration, inlet conditions and surface finish. The basic oxidi-
zer injector cold flow model design was made flexible for ease of changeability of parts and all pieces
were machined by conventional methods, e.g., lathe and jig bores, from 6061 Aluminum. The oxidi-
zer injector cold flow model consisted of five basic parts.

A summary of these five basic parts, their function and the quantity of pieces fabricated is
listed in Table V. A cross section of the oxidizer injector cold flow model is shown in Figure 14,

OXIDIZER COLD FLOW MODEL PARTS
Part Number Part Name Function
3630-473011 E'nd Plate Allects imjector pressue drop and

oxidizer angle

8030-473011-1 D, = 095t (2415 cm)
$5630-473011-3 D; = 118943020 cm
8030-473011-5 D, = 1427in(3.025cm
8636473012 Swirl Cup Aftects area of tangential holes
503047301 21 Ay = 051925 m3.339cm?)
3030-473012:3 A, = 04211 sym(2.716em?)
8630473013 Cap Holds replaceable cap
R030-473014 tnsert Controls percent of center {low
#030-473014-1 De =0
8030-473014-3 D, = 5%
80304730145 D= 10
3030-473015 Baitle EAttects low symmetry
8030-473010 Body Lies other parts together
5630-473017 Cowver Oxidizer feed manitold
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Figure 14. Oxidizer Injector Cold Flow Model

C. HEAT SINK/SEA LEVEL INJECTORS

The initial oxidizer and fuel injectors were fabricated for evaluation with the uncooled cham-
ber/heat sink hardware early in the program. This hardware allowed characterization of the 1500 Ib
(6672 N) thrust design prior to the final design and fabrication of the cooled chamber configuration.
These injectors were fire tested in Task VIII. The oxidizer and fuel injectors fabricated under this
. task follows:

' 1. Oxidizer Injector Assembly and Manifold Assembly
The basic oxidizer injector assembly consists of two parts, the injector swirl cup and the
injector cap. The basic oxidizer manifold assembly consists of four parts, the manifold inlet tube, the
manifold cover, the manifold baffle and the manifold inlet flange.
A summary of these parts and their function and the quantity of pieces fabricated is
listed in Table VI. A cross section of the oxidizer injector assembly and manifold assembly is
shown in Figure 15 and a photograph of this hardware is included in Figure 16.
The method of fabrication and assembly of these parts follows:
(a) Oxidizer Injector Assembly
(1) Swirl Cup - Machined from 304L SST bar with drilled tangential orifices
(2) Injector Cap - Machined from 304L SST bar with drilled center flow orifice
(3) Injector Assembly - Injector cap inserted in swirl cup and secured with SST
spring pins or hardened steel pins. Viton “O” ring provides seal at cap to

swirl cup joint. Spring pins were later changed to drill rod to facilitate cup/’
cap disassembly in the list cell.
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Figure 15. Oxidizer Injector Assembly and Manifold Assembly
(Heat Sink/Sea Level Chamber)

(b) Oxidizer (Injector) Manifold Assembly
’ (1) Manifold Cover - Machined from 304L SST bar
(2) Baffle - Formed from 304L SST sheet with drilled distribution hole pattern
(3) Inlet Tube - Type 304 SST seamless tubing
(4) Inlet Flange (Valve Interface) - Machined from 304L SST bar
(5) Manifold Assembly - Baffle tack welded in manifold cover. Inlet tube TIG
welded to cover and inlet flange TIG welded to inlet tube. Final machining
including facing off flanges and “O” ring groove, done after all welds had been
made.
2.  Fuel Injector Assembly and Manifold Assembly
The basic fuel injector assembly consists of two parts, the injector ring and the injector
jacket. A second configuration fuel system assembly consists of the injector ring and injector jacket
integral with the nozzle. The basic fuel manifold assembly consists of three parts, the manifold, mani-
fold cover and inlet fitting.
A summary of these parts and their function and the quantity of pieces fabricated is
listed in Table VI. A cross section of the basic fuel injector assembly and manifold assembly is
shown in Figure 17 and a photograph of this hardware is also included in Figure 16. A photograph

of the integral injector/nozzle is given in Figure 18.

- The method of fabrication and assembly of these parts follow:
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Figure 17. Fuel Injector Assembly and Fuel Manifold Assembly
(Heat Sink/Sea Level Chamber)
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Figure 18.

Integral Fuel Injector/Nozzle Configuration




*(a) Fuel Injector Assembly

(1) Injector Ring - Machined from oxygen free copper bar. Injection orifices
were EDM’d rectangular slots. (EDM operation at BAC).

(2) Injector Jacket - Machined from oxygen free copper with drilled fuel distribu-
tion holes,

(3) Injector Assembly - Injector ring EB welded to jacket. Welded assembly when
final machined.

(b) Fuel Manifold Assembly
(1) Manifold - Machined from 304L SST plate
(2) Manifold Cover - Machined from 304L SST plate
(3) Inlet Fitting - Machined from 304L SST bar

(4) Manifold Assembly - Manifold cover TIG welded to the cover. Final .
machining of assembly done after all welding completed.

D. COOLED INJECTORS

The same oxidizer injector design used for the uncooled/heat sink hardware was used with
the cooled/altitude hardware. New fuel injector assembly designs were used for the cooled/altitude
hardware that incorporated both the fuel injection orifices (rectangular slots) and the regeneratively
cooled nozzle section.

This integral assembly, identified as a liner, contains rectangular channels for the regeneratively
cooled passages. This hardware allowed for steady state, long duration testing during Task IX. The
oxidizer and fuel injectors fabricated under this task follows:

1. Oxidizer Injector Assembly and Manifold Assembly

The oxidizer injector assemblies and manifold assembly that were used with the un-
cooled chamber were also used with the cooled/altitude chamber. Additional oxidizer injector
assemblies were also fabricated for use with the cooled/altitude hardware. A summary of the addi-
tional parts fabricated is listed in Table VII. The method of fabrication is the same as for the heat
sink/sea level hardware.

*In a second design the injector ring and the nozzle were machined as an integral part of oxygen
free copper bar. ‘
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2. Fuel Injector Assembly and Manifold Aésembly

The basic fuel injector assembly consists of a one piece liner, incorporating the fuel
injection orifices (slots) and rectangular channels for regenerative cooling to an area ratio of 10:1.
Three types of liners were fabricated for ambient temperature evaluation; regeneratively cooled,re-
generatively cooled with film cooling, and regeneratively cooled with dump cooling. Two additional
regeneratively cooled liners with dump cooling were also fabricated for low temperature evaluation;
the first with fuel injected at the standard injector station, the second with the higher fuel injection
station (closer to the major diameter of the spherical chamber).

The rectangular channels of the liner were “closed out” with a shroud assembly that
consisted of two “split” half sections. The shroud assembly also served as a Hy distribution device
and baffle as well as a “filler” to reduce the Hy manifold volume. Two shroud assemblies were fabri-
cated for use with the standard fuel injection station hardware (both ambient temperature hardware
and low temperature hardware). One shroud assembly was fabricated for use with the high fuel in-
jection station hardware (for low temperature).

The basic fuel manifold assembly consists of three parts; the manifold, the inlet fitting,
and the mounting lugs.

A summary of these parts and their function and the quantity of pieces fabricated is
listed in Table VII. A cross section of the regeneratively cooled fuel injector with dump cooling, the
shroud assembly and the manifold assembly is given in Figure 19. A photograph is included in
Figure 20.

The method of fabrication and assembly of these parts was as follows:

(a) Nozzle Liner - There were three types of nozzle liners fabricated and tested: re-
generatively cooled, regeneratively cooled with film cooling, and regeneratively
cooled with dump cooling. All liners were machined from forged “Amzirc” bar
(Cu/0.15 Zr.). Cooling channels, injection slots, and film cooling and dump cooling
slots were EDM’d. (EDM operation at EDM Exotics).

(b) Shroud Assembly - Machined in halves from 6061-T6 Al Al/Bar, with dowel pins
to provide alignment of the halves on assembly. Slots were milled at the interface
of the shroud halves_to provide for attachment of thermocouple leads to the
nozzle liner.

(¢) Fuel Manifold Assembly
(1) Manifold - Machined from 304L SST bar.

(2) Inlet Fitting - Machined from 304L SST bar.
(3) Thrust Chamber Mounting Lugs - Machined from 304L SST plate.

(4) Manifold Assembly - Inlet fitting and mounting lugs were TIG welded to the
manifold and the weldment was final machined.
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Figure 19. Regeneratively Cooled Fuel Injector, Shroud, and Manifold Assembly
(Cooled/Altitude Chamber)
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VL. THRUST CHAMBER ANALYSIS AND DESIGN

The effort under Task III of the NAS3-14353 Contract required the analysis and design of
thrust chamber assemblies for both injector testing at sea level and thrust chamber firings under simu-
lated altitude test conditions. The injector test chamber configuration was defined as heat-sink hard-
ware; the altitude assembly was to include the more exacting task of cooling necessary for firings of
up to 500 seconds. The work statement required the examination of alternate cooling methods for
the altitude chamber and that consideration be given to additional features such as firing cycle life
and steady-state and pulse-mode performance.

This section describes the design of the injector test heat-sink hardware, the major design
considerations of the cooled thrust chamber assembly for altitude testing, the analytical techniques
employed for cooled thrust chamber preliminary designs, the selection of the configurations for hard-
ware design and finally the detailed analyses associated with the selected cooled hardware designs.
The section concludes with the analytical effort of a regenerative cooled nozzle section for sea-level
testing and nozzle sections for low propellant feed temperature operation.

A. HEAT SINK THRUST CHAMBER

The contract work statement required that a heat-sink thrust chamber be used for injector
tests at sea level. The fuel injection characteristics of the reverse-flow combustion chamber are such

that the fuel injector is an integral part of the nozzle section and the spherical combustion chamber
is film-cooled by the fuel. The injector test variables described in Section IV defined interchangeable
oxidizer cups, fuel injectors, and combustion chambers to vary the critical combustor parameters.
Therefore, the basic configuration of the heat-sink test hardware was established as interchangeable,
spherical, film-cooled combustion chambers with provisions for bolt-on oxidizer cups and O, inlet
assemblies, with replaceable fuel injector rings installed between the combustion chamber and a heat-
sink nozzle section (Figure 21). The nozzle section expanded the exhaust to sea-level pressure.

A transient heat transfer analysis was made of the heat-sink nozzle section to select materials
and define running time. Two candidate materials, copper and nickel, were analyzed at varying thick-
nesses to investigate the judicious time for length of run under nominal heat rejection conditions.

The heating rate for the combustion process was the best estimate for the maximum heat flux area
located immediately upstream of the throat. A driving temperature related to a combustion effi-
ciency of 100% was assumed for the study without the benefit of film cooling. The analysis was
made with the assumption of the one-dimensional flow of heat without radial heat conduction path
growth. The calculated data are summarized in Figure 22,

~ The wall thickness of copper had a significant effect on the maximum gas-side wall tem-
perature at any given time as shown in Figure 22; however, increasing the Nickel 200 wall thick-
ness above 0.5 inch (1.27 cm) did not aid in reducing the maximum wall temperature at times of
interest. Wall temperatures of copper are more dependent on thickness than Nickel 200 primarily
because of its higher thermal conductivity. It was concluded that a wall constructed of copper should
have walls thicker than 0.6 inch (1.524 cm) to allow a maximum firing test time exceeding 3 seconds
without overheating.

The heat sink nozzles, were designed with trepanned posts for thermocouple installations to
obtain (Figure 21) heat flux measurements. It was desirable to minimize the distance from the outer
top surface of the posts so that a maximum temperature transient could be measured without
jeopardizing the gas-side wall by excessively high temperatures. The design dimension of the top of
the post from the gas surface was 0.73 inch (1.854 cm). Use of the temperatures measured at the
top of the post to calculate the heat flux to the wall is explained in Appendix B.
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B. COOLED THRUST CHAMBER CONFIGURATION STUDIES
1. Major Design Considerations

The thrust chamber design task included tradeoff studies of the potential cooled thrust
chamber configurations and initiation of detailed performance, thermal and structural analyses of the
favored configurations. The work culminated in the recommended cooled chamber configurations
for test firings at simulated altitude. This subsection will describe that effort through the configura-
tions selection. Subsequent subsections will describe the detailed design of the selected test hardware.

Several thrust chamber configurations were considered, consisting of several cooling
methods applicable to the reverse flow engine. The various configurations, shown in Table VIII,
employ three basic cooling schemes:

Regenerative Cooling
Film Cooling
Dump Cooling (internal and external)

Because of the unique configuration of the reverse flow engine, the combustion chamber
forms an integral part of the propellant injection system. Furthermore, as the fuel injection method
affords excellent thermal protection of the spherical combustion chamber structure, the question of
alternate thrust chamber cooling configurations applies only to the convergent and divergent nozzle
sections. Thus, the “thrust chamber” terminology, used herein in reference to cooling, refers only
to the convergent/divergent nozzle.

During the tradeoff evaluation of the various candidate designs the major parameters‘
considered were: -

(a) Performance

(b) Pressure Schedule

(c) Start and Shutdown Response
(d) Wall Temperature

(e) Material and Structural Cycle Life
(f) Fabrication Techniques

(g) Vehicle Interface/Installation

(h) Weight

A discussion of each of these considerations follows to complete their definition and
importance relative to the NAS 3-14353 requirements.

a. Performance

For the initial performance assessment of the chamber configurations, a Rao opti-
mance with 540°R (300°K) propellants was found to be 474.4 sec (4652N sec/kg) which, with the
usual nozzle losses, results in a predicted delivered performance of 440.8 sec (4322N sec/kg) at
97% c* efficiency. That maximum performance level was based on an all-regeneratively cooled
chamber with no supplemental film cooling. A performance penalty is incurred if film cooling of
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Type of Cooling

TABLE VIII
REVERSE FLOW CHAMBER CONFIGURATIONS

Performance
Potential

Fuel
Pressure
Drop

Wall Temperature

Nozzle
Extension

Nozzle
Section

Cycle
Life
Nozzle
Section

Vehicle
Installation
Flexibility

>

® fully Regenera-
tive with

© Optional Film
Cooling

No
Film
Cooling

High

with
Film Accept-
Cooling able

Excessively
High

Low

Acceptable | Acceptable

Low Acceptable

Acceptable

Higll

Poor

Poor

=

o Partial Regenera-
tive with

o Internal Dump-
Cooled Nozzle
Extension

Acceptable

Acceptable

Acceptable | Acceptable

Acceptable

Acceptable

o Partial Regenera-
tive with

e Supplemental
Film-Cooled
Throat and

e internal Dump-
Cooled Nozzle
Extension

"\<§/

Acceptable

Low Acceptable

High

Acceptable

¢ Partial Regenera-
tive with

o All Film-Cooled
Throat and
Nozzle Extension

Unacceptable

Marginal

Lowest

Acceptable

High

Acceptable

o Partial Regenera-
tive with

® External Dump-
Cooled Nozzle
Extension

Acceptable

Acceptable

Acceptable | Acceptable

Acceptable

Acceptable

o Partial Regenera-
tive with

« Supplemental
Film-Cooled
Throat and
txternal Dump-
Cooled Nozzle
Extension

|

Acceptable

Acceptable

High

Acceptable
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the throat is used to reduce local heat flux and/or reduce jacket pressure drop (Case A of Table VIIl).
The performance degradation is minimal because the film coolant need only afford protection of the
throat region. Thus, optimization by appropriate selection of film injection station, coolant velocity
and weight flow would provide nearly complete dissipation of coolant within the divergent nozzle
with compatible wall temperatures to minimize flow and mixture ratio stratification across the nozzle

exit.

The nozzle extension cooling options included partial regenerative cooling with
what will be defined as internal dump cooling, Case B, Table VIII, and external dump cooling, Case
E. The internal dump-cooled configuration would provide somewhat better performance than the
external dump cooled approach since the external dump coolant specific impulse contribution is
limited to a Mach 1 exit velocity. The internal dump-cooled divergent nozzle allows the coolant
flow to expand to a higher Mach number with some mixing of the main stream gases, which improves
the core off mixture ratio operation. Supplemental film cooling injected within the convergent
nozzle would exhibit a small effect on performance, if used in conjunction with either dump cooling
method and partial regenerative cooling of the throatm Cases C and F. Thus, considerable latitude
was allowed with the partial regenerative/internal dump-cooled divergent nozzle cooling configura-
tions. Coolant flow rate, injection velocity and injection station could be adjusted to obtain the
desired nozzle wall temperature with small performance penalty.

Film cooling of the entire divergent nozzle, Case D of Table VIII, would have a
greater effect on reducing performance since a greater amount of film coolant flow would be required
to provide nozzle wall temperatures compatible with structural considerations.

Figure 23 summarizes the performance levels calculated for the basic thrust
chamber cooling configurations. The figure shows that the chambers would exceed the design ISp
goal if the total film and/or dump cooling were limited to 6% of the total hydrogen flow. The
difference in maximum performance is somewhat misleading as other considerations such as wall
temperature (structural capability) and pressure schedule significantly change the amount of coolant
required. The calculations suggested that one of the chamber cooling approaches,the all film cooled
nozzle extension, would not meet the Igp, goal within the restraint of 97% C* because of the high
probability of requiring substantially more than 6% film cooling.

b. Pressure Schedule

The candidate regenerative cooling nozzle sections included drilled copper and
channel nickel configurations based on earlier work with reverse flow engines. Preliminary designs
were established for each candidate to compare their fuel pressure drops at the contract design
requirements (Figure 24). The comparison was made on the basis of a common injector Mach
number of the hydrogen coolant of 0.50. The drilled copper configuration required a significantly
higher coolant passage plus injection AP, 165 (113.8) versus 71 psia (48.9 N/cm?). The pressure drop
calculations included 56 psi (38.6 N/cm?) for the H, fuel injection plus the pressure losses due to
momentum and friction within the cooling passages plus the dynamic head losses due to sudden pres-
sure changes. ’

The concept of the drilled throat section as shown in Figure 24 was improved
by rounding entrances into the injection orifices and tapering the exits of the drilled coolant holes to
increase the diffuser efficiency. The changes reduced the calculated pressure drop 28 psi to a 137
psia (19.3 to 94.5 N/cm?) total. The modifications were insufficient to make the drilled copper pres-
sure drop competitive with the channel nickel configuration.
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A thermal analysis of the candidate drilled and channel designs indicated no signifi-
cant advantages for either the drilled or channel designs relative to operating temperature. The com-
parison was made on the basis of equal driving gas temperatures and the gas side maximum tempera-
tures included in Figure 24.

The pressure schedule requirements were then estimated for the various thrust
chamber cooling configurations based on channel regenerative cooling passages. The fuel injector was
sized to determine its nominal pressure drop based on injection at Mach 0.5 with the injection station
at a convergent nozzle contraction ratio of 4. The nominal fuel-injector pressure drop was recalculated
as 61 psi (42.1 N/cm?) thus allowing 14 psi (9.66 N/cm?) for the cooling passages.

The pressure schedule for the cooling configurations under consideration was highly
important, since all but one of the designs employed some regenerative cooling. Since the pressure
drop associated with regenerative cooling is directly related to the cooling passage geometry, nozzle
construction techniques and wall material, an extensive examination of point designs was required.
Structural integrity and lifetime were also dependent on these parameters. As a consequence, para-
metric analyses were conducted to evaluate various materials and thrust chamber fabrication techniques.
In order to provide a baseline for a qualitative evaluation, it was necessary to preselect some reason-
able maximum wall temperatures that would satisfy the high-cyclic-lifetime requirements using
available fabrication techniques and materials. Typical cases were examined to determine the pressure
drop attributed to all regenerative cooling, partial regenerative cooling and partial regenerative cooling
with supplemental film. Pressure drop values for two configurations (which include fuel injector
pressure drop) are presented in Table 1X.

TABLE IX
THRUST CHAMBER-FUEL PRESSURE DROP

T.D. Nickel Amzirc

589°K |700°F l 644°K TSOOOFJ 700°K

1089°k | 600°k

978°K ]1500°K

1 100°F| 867K i 1300°K

Cooling Scheme Pressure Drop Pressure Drop
with Waoll o 2 N 2 2

Temperature F/ K psi N/m? psi N/m2 psi N/m psi N/m psi N/m psi N/m
No Regenerative 61 42x10° | 61 42x10% | 61 42x10°%| 61 42x10% | 61 42x10% | 61 42x10°
Cooling (Injector .
Only)
Partial Regenerative, s s
€=10 104 72x10° 87 6.6x 10° 81 56x10%{ 138 9.5x105 | 110 7.6 x 10 99 6.8 x 10
Partial Regenerative, s s
+ 10% Film 78 54x10% | 77 53x105 | 76 s52x105| 79 54x10%| 77 53x10% | 76 52x10

FFull Regenerative, s s
€=40 112 7.7x10% | 89 6.1x10% | 82 5.6x105 | 190 1.3x10% | 130 9.0x 10 | 105 7.2x10

Full Regenerative, s s s
€=40+ 10% Film 79 54x10% | 78 54x10% | 77 53x105] 81 5.6 x10° 78 54x10 77 53x10

Table IX indicates that the greatest portion of the regenerative section pressure
drop occurs within a 10: 1-area ratio thus resulting in negligible tradeoff as to AP versus inlet-area-ratio
. station. A much greater reduction in total drop was predicted with supplemental film cooling, which
would reduce the throat heat flux and wall temperature, than with decreasing the length of the regen-
erative cooling circuit. From a pressure drop and performance viewpoint an all-regeneratively cooled
thrust chamber with supplemental film cooling was indicated to be satisfactory if the wall temperature
and fabrication techniques were compatible with cyclic life time. The findings are reflected in the
“low” AP ratings of the film cooled configurations of Table VIII.
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c.  Start and Shutdown Response

The response characteristics of the APS engine were bound to be relatively insensi-
tive to manifold volumes. The response of a fully regenerative nozzle (Volume 149 in.? (2440 cm?3))
as compared to a partially regenerative configuration (Volume 70 in.3 (1145 ¢cm?)) is shown in Figure
25. The calculated response for large or small coolant volume is similar if the pressure drop of the
units are similar.

d. Wall Temperature

For the preliminary evaluation of thrust chamber cooling configurations, wall
temperature ranges were preselected based on material and structural capability and coolant flow
rates adjusted to provide a valid performance assessment. The wall temperature was also considered
in light of the effect of thermal expansion and gradients on both mechanical and welded-joint designs
and nozzle fabrication techniques.

e.  Material and Structural-Cycle-Life

The contract defined operational life of 50 hours of accumulated firing time made
up of 1 x 10° firings and individual firings of up to 1000 seconds duration clearly indicated that life
requirements were a governing factor in material selection. The complete material and firing life
capability requirements are given in Table X. Specifically, creep and fatigue capability as well as
thermal properties were primary design parameters for establishing material choices in the thrust
chamber. Since the governing factor in material selection was based on stress considerations, a para-
metric study of representative materials was conducted. The material screening involved nickel, TD
nickel, copper and copper alloys, aluminum, stainless steels, nickel-base and cobalt-base high tempera-
ture steels and refractory alloys.

TABLE X
MATERIAL SELECTION REQUIREMENTS

1. Environment

(a) Compatibility Compatible with propellants GH, and GO», test fluids and cleaning fluids for
10-year life
(b) Temperature 200°R to 800°R (111°K to 444°K)

2. Life Capability _
(a) Operational Life 50 hrs, with maintenance -based on 30-minutes life required/mission for 100
missions during a 10-year period.

(b) Pulse Life 1,000,000 pulses, with maintenance—based on 10,000 pulses per mission for 100
missions during a 10-year period.
(c) Max Single Fir- 1000 seconds
ing

(d) Duty Cycle Limit{ None

Material selection included the cooled-nozzle-section liner geometry. Selection of
either the integral channel wall or free-standing liner configuration revealed that to achieve the high
cyclic life requirements a material of high conductivity and good fatigue strength was mandatory.
The high conductivity assured a small thermal gradient through the inner wall and small thermal
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strains (which were found to be the dominant strains) which increased fatigue life. The prime
candidate materials resuiting from the preliminary evaluation were OFHC copper, copper alloys,

TD nickel and nickel 200 for the hot liner wall. For an integral wall configuration electroformed
nickel or electroformed copper could be considered for the closeout of the liner regenerative cooling

passages.

Candidate materials for the nozzle extension were stainless steel, high strength
super-alloys and columbium alloys. With maximum wall temperatures up to 1900°F (1311°K), the
300 series stainless steels would be a proper choice since no oxidation coatings would be required.
However, for temperatures above 2100 or 2200°F (1422 or 1478°K) use of columbium alloys would
be required to avoid excessive creep. The columbium alloys would require an oxidation-protection
coating which has an unknown effect on physical and mechanical properties for long-term exposure
under cyclic stressing. From a purely oxidation-exposure environment, for 50-hours exposure at tem-
perature, the temperature limit of columbium is set at 2500-2700°F (1644-1751°K). The high
strength non-refractory alloys could be considered for the temperature range between stainless steel
and columbium. Since stress levels would be low, regardless of material selection, nozzle-extension
wall thicknesses would be established by fabrication limitations rather than by structural considera-

tions.

One additional consideration employed in the final material selection was the
hydrogen-embrittlement effect on fatigue life. A lack of positive information existed for some of the
materials considered concerning the operating environment including temperatures and pressures.
OFHC copper, most copper alloys and stabilized 300 series stainless had been reported to be unaffected
by hydrogen, while the embrittlement of nickel, nickel alloys and TD nickel presented a potential
problem.

The following tentative material selections were made for the reverse flow thrust
chamber prior to completion of the preliminary structural cycle life analysis:

Integral-Channel Wall-Construction

Main Chamber 300 Series Stainless Steel
Nozzle Section Integral-Channel Wall
(a) Hot Wall TD Nickel or Copper Alloy
(b) Closure Shell Electrodeposited Nickel or
_ Copper
Nozzle Extension Stainless Steel or Columbium
Alloys such as Cb-291, C-103,
C-129.
Free-Standing Liner-Construction
Main Chamber 300 Series Stainless Steel
Nozzle Section - Free Standing Liner
(a) Hot Wall TD Nickel or Copper Alloy
(b) Jacket Aluminum or Stainless Steel
Nozzle Extension Stainless Steel or Columbium
Alloys such as Cb-291, C-103,
C-129.
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The nozzle section of the reverse flow design, which is regeneratively cooled, is the.
area of maximum heat flux and the most critical portion for cycle-life capability. Preliminary
structurdl analyses of the nozzle section revealed that a free-standing Amzirc (zirconium copper
alloy) inner liner would meet all the cycle-life requirements without the use of film cooling. An
integral-wall construction for the nozzle section would not meet the cycle life without the use of
film cooling. Detailed information on these analyses is included later in this section.

f.  Fabrication Techniques

The contract defined the test hardware fabrications techniques as state of the art
to minimize fabrication cost and risks.

g.  Vehicle Interface/Installation

There were two considerations relative to the vehicle/engine interface. The problem
of engine-wall temperature effect on vehicle structure could be readily resolved by either thermal
shielding or insulation, with little impact upon engine configuration. However, the question of
packaging (volume, length, cross section, etc.) could exhibit an overriding influence upon design
selection. This pertains primarily to regenerative type designs wherein the regenerative nozzle inlet
has to be held within the minimum-package vehicle limitation. The location of the coolant inlet
manifold, and the maximum nozzle expansion ratio that can be regeneratively cooled, would be
limited by packaging requirements. Therefore, the fully regeneratively cooled engine configuration
was rated poor for vehicle installation flexibility in Table VIII.

h.  Weight Considerations

The lowest thrust chamber weight was associated with the minimum of regenera-
tively cooled structure. Weight considerations favored the dump cooled nozzle extension configura-
tions and the film cooled throat and extension approach, Cases B, D and F of Table VIII.

2. Principle Analytical Techniques
a.  Performance Prediction

(1) General

The goal of the program was a delivered minimum vacuum specific impulse of
435 Ibf sec/lbm (4260 N sec/kg), at an overall O/F mixture ratio of 4.0, a combustion chamber pres-
sure of 300 psia (206.8 N/cm?), propellant inlet temperatures of 540°R (300°K), and a nozzle expan-
sion ratio of 40/1. The base performance was taken as that for the regeneratively cooled thrust
chamber (Table XI) and decrements assigned to the others with non-uniform exhaust associated with
film or dump cooling.

Thrust chamber performance of gaseous O, /H, was compared to ideal one
dimensional, isentropic shifting equilibrium. This reference represents the upper limit of theoretical
performance as a consequence of losses inherent in the design. The losses considered in estimating
deliverable performance were due to: '

Combustion kinetics

Non-axial flow or nozzle divergence
Viscous boundary layer effects

56



Combustion efficiency
Mass addition effects, (film and dump cooling) where applicable.

- The following paragraphs present the methods, basis of assumptions and
data used to estimate the performance of the 40/1 altitude nozzle in addition to two conical nozzles

- used in sea level tests.

TABLE XI
PREDICTED VACUUM SPECIFIC IMPULSE
ALTITUDE THRUSTER
Thruster Configuration Regenerative
Nozzle Area Ratio 40/1
Nozzle Length 75% Bell

Propellant Inlet Temp, °R 540 (300°K)
Overall Mixture Ratio (°/F) 4/1
Theoretical Vacuum Spec. Impulse 474.4 sec (4650 N sec/kg)

Losses, AISp

Divergence

Drag

Boundary Layer Displacement
Kinetics

5.6 (54.8 N sec/kg)
8.0 (78.3 N sec/kg)
0.4 (3.9 N sec/kg)

5.7 (55.8 N sec/kg)

Energy Release (97% c*) 13.9 (136.2 N sec/kg)
Total 33.6 (329 N sec/kg)
440.8 (4321 N sec/kg)

Predicted Vacuum Specific Impulse

The delivered vacuum performance was calculated by the ICRPG simplified
method where the losses are assumed independent of each other, In essence, the predicted
performance (I, red.) is calculated by multiplication of efficiencies due to losses times the theoreti-
cal (Ios theo. S.E.?‘ In addition to the. ICRPG losses the detrimental effect of energy release on kine-
tic performance (nCF(c* )) was also included. Thus:

Io pred. = (3p) (Mp) (L) (Kin) (MCF(c*)) MER) loo, theo., S.E.
where
3D = 1 - divergence loss
) = 1 - drag loss
MBL = 1 - boundary layer displacement loss
. MKin 1 - chemical expansion Kinetics loss
NCF(c*) = 1 - losses due to combustion kinetics
- MER =  combustion efficiency
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(2) Divergence Loss

The supersonic nozzle like most rocket engine components is a compromise
of various design tradeoffs. Increased nozzle length (and increased nozzle weight) resultsin a higher
performance engine. The final configuration for the altitude nozzle was selected to provide high
performance with a relatively short overall length, a 75% Bell length with a circular arc one-half of
the throat diameter. The completely optimized flight configuration of the nozzle would require a
detailed tradeoff of envelope, nozzle weight and engine specific impulse versus vehicle structure
weight and the weight of the loaded propellant feed system. Performance variations as a function
of supersonic nozzle geometry produce divergence losses depending partially on initial nozzle con-
figuration ground rules. Tradeoffs in performance with geometry are described further in the section
under detailed design of the nozzle extension contour.

Shifting equilibrium combustion gas, using the ICRPG ODE computer pro-
gram, was used for the nozzle design.

The conical sea level nozzles were assigned a divergence loss of 1.73% for 15°
semidivergent nozzles calculated by Malina in Reference 9. :

(3) Boundary Layer

Viscous drag and boundary layer displacement were calculated using the
ICRPG TBL computer program assuming 750°F (672°K) walls and a three-dimensional Mach number
distribution on the 75% bell length altitude nozzle. The losses varied somewhat with mixture ratio
as follows:

Mixture Drag Thrust Area Ratio Corrected
Ratio (Ibf) (N) For Displacement Thickness
2 26.85 (119.43) 39.075
3 27.35 (121.66) 39.055
4 27.18 (120.90) 39.129
5 25.19 (112.05) 39.284

Of the total nozzle drag at the nominal mixture ratio, 9.7% is upstream of the throat. A one-
dimensional Mach number distribution within the nozzle was used for calculations of the conical
sea level nozzles.

Transport properties of the gas mixtures are presented in Appendix B of this
report.

(4) Combustion Kinetics

A significant source of performance loss in the rocket nozzle arises from the
fact that chemical reactions take a finite amount of time to be completed and therefore the products
of combustion never reach equilibrium. Since most of the chemical reactions in the nozzle are re-
combination reactions which release energy, the failure to reach equilibrium results in less energy
being released and hence less energy is converted to kinetic energy of the exhaust products. There-
fore, the kinetically controlled performance is lower than the equilibrium performance, and the
difference is considered a loss. Most of the loss occurs in the nozzle, although a small loss in ¢* is
observed in chamber calculations due to non-equilibrium conditions occurring at the throat.
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The one dimensional inviscid kinetic performance was computed at Bell
Aerospace using the ICRPG ODK computer program originally developed by TRW Systems, and
later modified for JANNAF by Dynamic Science Corporation. This program has been adopted by
the JANNAF Performance Standardization Working Group for their standardized performance
evaluation procedures. The kinetic reaction rate constants are input in the form K = AT-XN
e-B/RT where the terms A, XN and B are rate parameters determined experimentally for each

reaction.

The following reactions and rate parameters were used in the analysis for
the oxygen/hydrogen system, where M represents any third body. The rate parameters are equal
to those adopted by JANNAF and listed in CPIA Publication 178, Reference 10.

Reaction A B XN
H,O + MZ*OH + H+ M 1.0x10'° 0 1.0
H + MZH + H+M 7.5x10'8 0 1.0
OH + M0 + H+ M 2.0x 108 0 1.0
0O, + MZ0 + O0O+M 1.9x10'¢ 0 0.5 -
H,O + HZH, + OH 6.0x 10! 5.0 -0.5
H,0 + OZOH + OH 1.0666 x 103 0.96671 0.0134
H, + OZOH + H 1.4 x10'? 5.19 0
H, + 0,Z0H + OH 1.4127 x 10!'3 49.2644 0.015
0O, + HZOH + O 3.2 x 10! 0.10 -0.47

(5) Energy Release

The performance calculations were based on the contract combustion
efficiency goal of 97% c*. It can be shown numerically that a reduced c* can result in a reduction

in kinetic performance by more than the reduction in c* considered as it affects further the equil-
ibrium level of the exhaust. This was included in the performance predictions by noting the loss in
thrust coefficient with reduced (90% c*) combustion efficiency and linearly interpolating at 97%,
95%, and 93% of theoretical c*. This was done for the area ratio of 40/1 and in similar manner, in-
terpolated between the area ratios of 1/1, 4/1 and 6/1 for the sea-level conical nozzles of 2.39/1 and
3.16/1 area ratios which were used on the program.

(6) Theoretical Shifting Specific Impulse
The theoretical specific impulse was calculated with the ICRPG ODE com-
puter program at arrays of mixture ratio, inlet temperature and chamber pressure. Typical of these
are the results of the computations at the nominal mixture ratio of 4/1 as shown in Figure 26.
(7) Predicted Vacuum Specific Impulse
The loss breakdown for the regeneratively cooled nozzle at nominal mixture
ratio and ambient inlet temperature is listed in Table XI. Results of predicted impulse for the

altitude nozzle and the two conical nozzles are listed on Table XII. Predictions of performance
are plotted versus energy release of % c* for interpretation purposes on Figures 27, 28, 29, and 30.
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TABLE X1
PREDICTED PERFORMANCE SUMMARY

Mixture Ratio 3N 4/1 5/1
AlA} 40 2.39 316 | 40 2.39 316 | 40 2.39 3.16
% Bell 75 100 100 75 100 100 75 100 100
Theo lyae  (Ibrysec) 472.1 390.7 404.4 474.4 384.6 399.1 471.2 3737 389.0
Ibm
N/sec 4629 3831 3966 4660 3771 3914 4610 3664 3814
kg
nC* =097 0.934 0.929 0.925
NMoa
Pred lyac  (ibf(sec) 441.17 440.82 436.18
Ibm
N/sec 4326 4322 4270
kg
Predlg  (bf)sec) 339.69 | 341.88 33378 | 33645 32455 |328.07
Ibm
N/sec 3326 3352 3273 3299 3182 3217
kg
Pred Cpz 1.7444 1.7787 1.8183
Pred Cp, sl 13433 13518 13466 | 13575 13531 | 1.3675
nC* =0.95 0913 0.907 0.902
Moa
Pred Lo (bf)sec) 43137 430.42 425.09
fbm
N/sec 4230 4221 4169
kg
Pred g (1bfysec) 33267 | 334.68 32672 | 329.07 317.55  |320.60
Ibm
N/sec 3262 | 3281 3203 3227 3113 3143
kg '
Pred Cp 1.7415 1.7733 1.8094
Pred Cp. 1.3432] 1.3512 1.3459 | 1.3557 13518 | 1.3645
nc* =0.93 0.893 0.885 0.878
Moa
Pred Iyac  (bf)(sec) 421.60 420.06 414.09
Ibm
N/sec 4134 4119 4061
kg
Predly  (pfysec) 325.65 | 327.49 319.67 | 321.74 31056 |313.21
Ibm
N/sec 3193 3213 3134 3154 3045 3071
kg
Pred Cpp 1.7387 1.7679 1.8005
Pred Cp g 13431 1.3506 1.3452 | 1.3540 1.3505 | 1.3617

P_ =300 psi (206.8 N/cm?)
Ty, = 540°R (300°K)

*

nc
Moa
I

lSpPred

SPSE.

Assumed Combustion Efficiency

sl = sea level
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Predicted Vacuum Thrust Coefficient

Area Ratio = 40:1
75% Bell
P, = 300 psi (206.8/cm?)

T,, = 540°R (300°K)
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Figure 28. Thrust Coefficient versus Mixture Ratio and Combustion Efficiency
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Thrust Coefficient
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Figure 30. Predicted Conical Nozzle Thrust Coefficient
versus Mixture Ratio
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(8) Film and Dump Cooling Losses

The film- and dump-cooled TCA’s were analyzed by assuming that combus-
tion takes place at the increased mixture ratio resulting from hydrogen diversion, and that the
hydrogen is then mixed with the main flow downstream — above the throat in the film cooling
case, and at an area ratio of 10 for the dump-cooled case. At the point of mixing, mass, momen-
tum and energy are conserved. The result can be shown to be thermodynamically equivalent to
expansion of the premixed combustion gases from a reduced initial pressure.

A breakdown of the performance apportionment is presented in Figure 23.
As expected, the fully regeneratively cooled case shows the highest performance, followed by
film-cooled and the dump-cooled cases. Further details on thrust degradation with film and dump
cooling may be found in Appendix C of this report.

b. Heat Transfer
(1) General

One-dimensional and two-dimensional heat-transfer analyses were made of
the various cooled reverse-flow thrust chamber configurations, to examine their operational charac-
teristics, i.e., wall temperatures, pressure drops, and performance losses. The ground rules and
assumptions for these analyses are given in Table XIII.

TABLE XIII
HEAT TRANSFER GROUND RULES AND ASSUMPTIONS
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Vacuum thrust, Ibf

Chamber pressure, psia

Throat diameter, in.

Nozzle exit area ratio

Overall mixture ratio, nominal

Total propellant flow at overall
mixture ratio, Ibm/sec -

Heating
Combustion efficiency, percent

Cooling
Inlet temperature, °F
Cooling enhancement from passage
curvature, percent
Number of regenerative cooling passages
Exit Mach number

Wall material thermal conductivity

Nickel 200

TD Nickel

OFHC Copper

Amzirc Copper Alloy

1500.0 (6 672 N)
300.0 (206.8 N/cm™)
1.90 (4.83 cm)
40/1
4.1

3.45 (1.566 kg)
97.0

80 (300°K)
0-100

36
0.50

Temperature Dependent




Film- or internal-dump cooling in this design involves the injection of the
fuel in the nozzle section to provide a protective film for the nozzle wall. If the gas is injected up-
stream of the throat, it is called film cooling; if the gas is injected downstream of the throat it
is called dump cooling as noted earlier. Various materials, wall thicknesses and channel liner
configurations were examined. This was done parametrically with the following cooling methods:

All regeneratively cooled
Film cooled
Supersonic dump cooled

The following paragraphs review the method of analysis and the results of
application to the reverse flow engine. For each of the techniques used, a series of local heat bal-
ances are made to determine the heat flux and thrust chamber wall temperatures. These wall temp-
eratures were controlled primarily by the three cooling techniques identified above.

(2) Regenerative Cooling

The analysis began with the desired maximum wall temperature specified.
Families of cooling passage designs were constructed within this maximum temperature and for
each cooling passage configuration, a coolant feed-pressure was determined. The steady-state heat
transfer analysis was accomplished by specifying a nozzle wall shape, dividing the nozzle into a
number of axial segments and performing heat balances on each segment. The heat flux at each
segment was calculated assuming the thermal resistance to be the summation of resistances due to
the gas-film boundary layer, the reciprocal conductance of the metal wall, and the coolant boundary
layer. The heat-flux model was usually simplified to a one-dimensional flow, where the areas ex-
posed to both boundary layers are equal. The temperature and pressure of the coolant at the outlet
of the first segment becomes the input to the second segment, and so forth.

The “Reference Enthalpy” method of Eckert (Reference 11) was used to
evaluate the transport coefficients of the high-speed combustion gases. This method considers com-
pressibility effects, dissociation and recombination of species, and variable transport properties. The
gas-film coefficient was calculated using a “turbulent-pipe-flow” equation with a modified correla-
tion coefficient based on hydrogen-oxygen rocket test data, as given in Reference 12. The coolant
side-film coefficient is calculated using the McCarthy-Wolf correlation as reported in Reference 13.
An enhancement factor is added to account for additional cooling of outside walls of passages with
curvature, as described in Reference 14. A more detailed description may be found in Appendix B.

The pressure drop in the coolant passages was calculated concurrently with
the heat-transfer analysis. The calculation accounted for both friction and momentum change due
to heating, plus velocity head losses at changes in flow area. For the configuration with a fuel-injec-
tion Mach No. of 0.5, the calculated injector pressure drop was 56 psi (38.6 N/cm?) plus 5 psi
(3.45 N/cm?) expansion loss for a total injector AP of 61 psid (42.1 N/cm?) at 300 psia (206.8 N/
cm?) chamber pressure. The pressure drop goal for the coolant passages was 14 psi (9.7 N/cm?) to
be compatible with the 375 psi (258.5 N/cm?) valve outlet pressure

(3) Film Cooling

There is no exact analytical method which can be used to quantitatively
determine the effect of film cooling. However, a number of different investigators have successfully
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developed correlations of film-cooling effectiveness in terms of test data. The most widely used and
accepted correlation for subsonic injection is the Hatch-Papell equation of Reference 15. This equa-
tion was used to determine the effectiveness of cooling reverse-flow H, /O, engine at a nominal mix-
ture ratio of 4:1 when injecting the coolant at a contraction ratio of 3.47 upstream of the throat.
The results of a computer program to solve this equation are shown in Figures 31 through 33.
Although not developed for the presence of a pressure gradient, this expression has demonstrated
reasonably good results as shown in Reference 16.

Figure 31 shows the calculated effect of coolant injection angle (relative
to the wall) on the adiabatic wall temperature, when 10% of the fuel flow is injected such that the
velocities are matched at the point of injection. The advantage of injecting parallel to or as nearly
parallel to the wall as possible is apparent.

Figure 32 is an extension of the above analysis to a greater portion of the
nozzle. The solid lines show the effect of injection velocity on the wall-temperature distribution
when 20% of the fuel flow is injected normally. As expected, the lower the velocity ratio, the less
the penetration of the coolant into the main stream. Consequently, the coolant film remains intact
longer, and the actual wall temperatures are lower. The dashed lines indicate a tangential injection
which is parallel to the wall and which has an axial velocity ratio of 0.10. The effect on the wall
temperature of increasing the flow rate from 10% to 20% is most pronounced within the throat
region.

Calculated film temperature distributions with subsonic injection using the
Hatch-Papell equation are shown in Figure 33. This temperature distribution was used for calcu-
lating the passage sizes of cooled engines with channeled passages. The film temperatures were
calculated with injection parameters to simulate a swirl-type injection, where the injection angle,
i, is zero and the coolant velocity, V, is one-tenth the gas velocity, Vg, i.e.,i=0 and VC/Vg =0.1.

The use of film cooling would have the effect of requiring a lower coolant
mass velocity with associated lower pressure drop for any regeneratively cooled section because of
the reduced heat flux. However, there was a decrease in performance expected from the use of film
cooling. As noted earlier, the I, goal could be achieved with the film coolant limited to 6% of the
H, flow at a c* efficiency of 97%.

(4) Internal Dﬁmp Cooling

When coolant gases are injected downstream of the throat, the process in-
volved is called internal dump cooling. In order to be effective, these injected gases must have
supersonic velocities. Therefore, the relations used to predict the nozzle wall temperatures were
related to supersonic injection of the coolant gases. The correlation equation chosen for supersonic
injection was that of Zakkay, Sakell and Parthasarathy of Reference 17. Asopposed to the subsonic
correlation equation, there are no experimental data to suggest the applicability of that equation in a
flow where a pressure gradient exists.

The initial calculations were made for injection at an area ratio of 6 down-
stream of the throat. The results are shown in Figure 34 for axial injection parallel to the wall
through a convergent-divergent injection nozzle, such that the static pressures at the point of injec-
tion were matched.
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(5) Results of Wall Temperature and Pressure Drop Analyses, Normal Operation

Regeneratively Cooled Sections — Parametric solutions of coolant outlet
temperatures, inlet pressures and coolant channel volumes were determined for various reverse flow
engine configurations using the following variables:

Wall Temperatures 800-1500°F (700-1089°K)

Coolant inlet area ratio 4,10, 40/1

Film cooling 0,10, 20%

(percent of fuel flow rate)

Dump cooling 10, 20%

(percent of fuel flow rate)

Material OFHC, Amazirc, Ni 200,
TD Nickel

Typical results for regeneratively cooled sections are shown in Figure 35.
Coolant-jacket pressure drops and coolant outlet temperatures are reduced by introducing the
hydrogen at lesser area ratio and by cooling hotter walls.

The coolant total pressure was found to accumulate most rapidly in the sub-
sonic nozzle and up to 2 inches (5.08 cm) aft of the throat as shown in Figure 36 (wall material-
Nickel 200). Very little pressure drop results from cooling aft of the area ratio of 4:1. A small per-
centage (~ 10%) of the total passage volume exists forward of the area ratio of 4:1 for a nozzle
designed to be cooled to an area ratio of 40:1.

Film or Dump Cooling — If some hydrogen were tapped off for internal or
external dump cooling aft of an area ratio of 10:1, less fuel is available for cooling the throat and
subsonic nozzle area. This will result in higher pressure drops because of physically smaller passages
and higher coolant bulk temperatures as shown in Figure 37.

_ As a contrast to tapping off fuel for supersonic film cooling (dump cooling)
the case for all regeneratively cooled nozzles, with various amounts of film cooling introduced sub-
sonically, is shown in Figures 38, 39 and 40. The film cooling temperature distributions were taken

from Figure 34 and illustrate the gross reduction in pressure drop with film cooling contingent on
the applicability of the Hatch-Papell correlation for the instance of supersonic flow with a pressure
gradient. Figure 38 shows that an all regeneratively cooled nozzle (¢ = 40) of Nickel 200 can have
the pressure drop decreased from 83.5 to 78.5 psi (57.6 to 54.1 N/cm?) by increasing the percent
of film coolant from 5 to 10% while maintaining a 1000°F (811°K) wall temperature. Figure 29
shows that regeneratively cooling from the same area ratio (40:1) but with a copper-zirconium
alloy, 10% film cooling will enable a 600°F (589°K) gas-side wall temperature to be maintained
with a pressure drop of only 81 psi (55.9 N/cm?). If the nozzle were cooled from an area ratio of
ten, Figure 40, the 600°F (589°K) wall temperature can be maintained with 10% film cooling with
about 79 psi (54.5 N/cm?) drop. This shows that the use of 10% film cooling provides little pressure
drop penalty, when changing the area at which regenerative cooling of the nozzle begins.

An external dump-cooled nozzle extension was analyzed to determine the

feed-passage size and feed-pressure requirements for such a design. The extension was attached to a
regeneratively cooled section as shown in configuration E in Table VIII. A design wall temperature
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One Dimensional Heat Flow Chamber Pressure = 300 psia (206.8 N/cmz)
Mixture Ratio - 4:1 No Inlet Losses '
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One Dimension Heat Flow
Chamber Pressure = 300 psia (206.8 N/cm?)

Mixture Ratio = 4:1
No Inlet Losses

Coolant Inlet A/A = 40/1

Inlet Temp = 80°F {300°K)

Wall Material - Ni 200

N/cm? psi
69 ~ 100
62 |- 90 \ \
Q
e
o
3]
. 5 N
. &
o
5
© .
[e]
S \
55 - 80 R
\ N \ F
\800
\\ 900
1000
1400
48 - 70
0 10 20

Percent Film Cooling

700

756
81
922
1033

Figure 38. Regeneratively Cooled Design, Coolant Pressure Drop as a Function
of Film Cooling and Wall Temperature

Gas Side Wall Temperature



N/cm? psi.

138 200
97 - & 140
2 N 2
4] o—
: 8
[«}]
O
69 |- £ 100 T~ o £
e \ [T
o b=
: ' \ 5 8
3 pud
56 |- & 80 = 2
pad ; 10
a.
5
3
41 b ) 60
2 e
o
> Z
é’ With No Losses
Injection Mach = 0.6
28 L 40 |
600 700 800
°F

Gas Sidewall Temperature

589 : 645 700
. o

Modified Two-Dimensional Heat Flow
Chamber Pressure = 500 psia (345 N/cm?)
Mixture Ratio = 4:1
Inlet Temperature = +80°F (300°K)
Coolant Inlet at 40:1
Includes 5 psi {3.4 N/cm?) Entrance Loss Plus
15 psi (10.3 N/ecm?) for Channel Modifications

Figure 39. Regeneratively Cooled Design, Coolant Pressure Drop as a Function
of Film Cooling and Wall Temperature



N/cm? psi

110.3 _ 160
@
96.5 |- 2 140
g
82.7 e 120
27 by
Q0
£ \ o
© c
69.0 S 100 0 =
Q &
5 s £
55.2 |- E 80 e
e- 10 =
s 3
a3 a
414 |- 2 60
IG]
> h
E With No Losses
u- Injection Mach 0.5
276 L 40 '
v 600 700 800
°F
Gas Side Wall Temperature
L 1 1
589 644 700

°K

Modified Two-Dimensional Heat Flow

Chamber Pressure = 300 psia (206.8 N/cm?)

Mixture Ratio = 4/1 .

Inlet Temperature = +80°F (300°K)

Coolant Inlet at 10/1

Includes 5 psi (3.4 N/cm?) Entrance Loss Plus 15 psi
(10.3 N/cm2) for Channel Modifications

Figure 40. Regereratively Cooled Design, Coolant Pressure Drop as a Function
of Film Cooling and Wall Temperature



of 2000°F (1367°K) was assumed for the extension. Figure 41 shows resulting coolant-flow areas
and parameters for the configuration without the benefit of film cooling. The flow area for the
coolant assumes the use of 10% of the fuel flow.

The calculated effect of using various percentages of film and dump cooling,
on the regenerative nozzle coolant pressure drop, for a 0.07 in. (0.178 cm) thick copper-zirconium
channel wall is presented in Figure 42. The figure also shows the significant difference in AP caused
by superimposing film cooling on the regeneratively cooled wall contingent upon the applicability of
the equations employed in predictions.

Insulated/Radiation-Cooled Extension — Temperature distributions and in-
sulation requirements were calculated for radiation cooled extensions attached to a regeneratively
cooled nozzle section. '

Figure 43, illustrates the calculated steady-state wall temperature of nozzle
extensions insulated on the exterior and able to lose heat by radiation out the nozzle exit. The joint
for attachment assumed for the analysis was at an area ratio of 6:1. An emissivity of 0.92 was used
in the analysis. View factors, including radiation interchange between nozzle surfaces inside the
nozzle varied from 0.145 at the forward end of attachment to 0.395 at the exit.

Two similar sets of wall temperature' calculations were made for internal dump
cooling where the hydrogen is injected in the supersonic nozzle at an area ratio of 6:1. The film tem-
perature increase with axial distance towards the nozzle exit results in a low wall temperature increas-
ing to a peak wall temperature within the nozzle and is in contrast to the wall temperature with no film
cooling (local total temperature being constant). In the case of no film cooling, the wall temperature de-
creases constantly because of the diminishing heat-transfer coefficient and the increasing view-factor
to space. The results plotted in Figure 43 illustrate that some degree of supersonic dump cooling
is required to successfully demonstrate a radiation cooled extension which utilizes an oxidation re-
sistant coating.

, Nozzle Extension Insulation — The initial analysis of nozzle extension insula-
tion was limited to an inner wall temperature of 2600°F (1700°K), compatible with assumed long
term limits on oxidation resistant silicide coatings to be applied to a columbium extension shell.
The exterior temperature of the nozzle was defined by the contract as 800°F (700°K). Table XIV
gives the calculated thickness and weight for an insulation to meet the interior and exterior limits.

TABLE XIV
NOZZLE EXTENSION INSULATION
Insulation
Thickness Weight
QOuter Wrap Altitude (in.) {cm) (1b) (kg)
Stainless or Inconel| Sea Level 0.92 2.34 - 1.054 0.478
€=0.8 Vacuum 0.85 2.16 0.973 0.442
Polished Stainless | Sea Level 1.47 3.73 1.683 0.763
or Inconel € = 0.5 | Vacuum 1.36 3.46 1.558 0.706
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The insulation taken for the analysis was Johns-Manville “Dynaflex”, and
was assumed to be in blanket form and secured on the exterior with Inconel or stainless foil. The
density was taken as 6 1b/ft>-(96.1 kg/m?®). Two thicknesses are shown for sea level and vacuum
conditions in Table XIV.Thicknesses for sea level conditions are greater because air trapped in the
insulation raises the thermal conductivity of the insulation. Changes in the emissivity of the outer
wrap are shown also. If the emissivity of the outer wrap were reduced for a polished surface, the
thickness will increase because of the reduced ability to radiate heat. The weights of insulation
material to cover the nozzle extension from an area ratio of 6:1 at the joint to the exit (area ratio =
40:1) were based on a nozzle surface area of 329.1 square inches (2125 cm?).

Use of an outer surface with the highest emissivity (0.8) results in the lightest
weight, but highest heat rejection rate, 2.2 BTU/sec (2319 watts). Decreasing the emissivity would
increase the thickness and weight and would decrease the heat rate proportionally.

The calculated insulation thicknesses were based on the temperature differ-
ential between the hot wall (Ty ) and the cool external wall (T,) and the ability to cool by radia-
tion. Reduction of the hot gas side wall temperature would reduce the required thickness of insula-
tion in proportion to the reduced temperature differential.

(6) Off Design Operation

All previous discussions concerning the cooled reverse flow thruster have
been at the nominal conditions of O/F = 4, P = 300 psia (206.8 N/cm?) and 540°K (300°R)
feed temperatures. However, it was necessary to consider the operation of the thrust chamber
assembly at a range of conditions to meet the test firing requirements of the contract. Calculations
were made to investigate the effect of varying coolant inlet temperature and combustion pressure
on wall temperatures, pressure losses, coolant Mach number and H, injection velocity. These
effects were calculated at an O/F of 4.0 and are shown in Figure 44. This task was accomplished
by designing, in detail, a Nickel 200 channel liner with a wall 0.030 inch (0.076 cm) thick and 40
passages with linearly varying passage height and width as in Figure 45.

As expected, an increase in coolant inlet temperature resulted in an increase
of coolant pressure drop and increase of injection velocity. The hot gas side wall temperature was
shown to be near minimum at an inlet temperature of 80°F (300°K), and increases were predicted
for either lower or higher inlet temperatures for the fixed passage liner. The maximum liner temp-
erature occurred at 0.60 inch (1.52 cm) forward of the throat. Increasing the chamber pressure
by increasing the propellant mass flow resulted in an increase in thrust with the fixed configuration.
Increasing the chamber pressure was shown to cause the following:

Increase of the gas side wall temperature
Slight decrease of the coolant Mach number and outlet temperature
Slight change in ratio of chamber pressure drop to chamber pressure (AP/ P.)

. From Figure 44 it appears that the feed pressure would exceed the specification limit of 375 psia

(258.5 N/cm?) at high feed temperature conditions. The condition could be offset by an in-
crease in the size of the coolant passages in the convergent nozzle to reduce the pressure losses.
The associated wall temperature increase would not compromise the integrity of the liner.

The calculations indicated that relatively small changes in the throat section

liner would be encountered at high and low P_ and feed temperatures. A large change of fuel injec-
tion Mach number could be expected for low feed temperature operation.

84



Chamber Pressure

°K °F ML psia N/cm?
1144 - 1600 1 05 100 69 TR
o Cham'ber Pressure % ggg gg;
% \ i psia N/cm? N
5 500 345 3 04
- o 1400 :
1033 1= 2 \ - E Nominal
2 D— e omina
= < Design
g 00 207 2
@ \ =
922 |- 5 1200 = 03
73} S
& 100 69 3
811 L 1000 —m J 0.2 5 Wall
-300 0 F 200 400 -300 0 F 200 400
. Parameters
Cdolant Inlet Temperature - TL , Coolant Inlet Temperature - TL
L 1 § ) ] 1 |
89 25 , 367 478 89 255 o 367 478
L At Wall 0.6 in. {1.5 cm) Forward of Throat 1
Y = }
589 I~ 600 Chamber Pressure
: 2
N/cm? psia Chamber Pre/ssun;e le EI’E)IS Ng’g‘
psia  N/cm~ o . 207
483 700 4981~ 5 400 20 345
o a
f / E
L) @
5 -
385 £ s00f . 367 F 200
o -
® s 300 | 207 8
= " % Nominal
£ / L_ 3 Design
209 & 300 2652 0
2 o
2 g
s 8
[
Js) 100 '69
69 L.© 100 — a6 L -200
-300 0 °F 200 . 400 -300 0 °F 200 400 Coolant
Coolant InletI Temperatu:e -TL -, - Coolant Inllet Temperatlure -TL J Parameters
-89 256 367 478 -89 255 367 478
K 07 1 K
Chamber Pressure
o psia N/ecm?
= 100 69
2 06 300 207
_EQ‘: 500 345
§ Coolant
E Conditions
8 05 at
% Injection
Q .
2 Point
3
o Mi .
2 04 |;(ture Ratio = 4/1
% n, = 0.97
8 0.030 in. Thick Nickel
(0.076 cm)
03 X
-300 0 o 200 400
Coolant Inlet Temperature - T
1 1 [ - |
-89 256 ok 367 478

Figure 44. Heat Transfer Characteristics - Channel Type Nozzle, Off-Design Operation
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c. Structural Cycle-Life Analyses
(1) Transient Heat Transfer Analysis

The primary structural problem encountered in attempting to meet the APS
engine requirements was the stress induced by thermal cycling of the engine. These stresses are
especially critical in the cooling passages of the regeneratively cooled section of the nozzle. To
perform structural analysis on the engine, it was first necessary to perform a transient heat transfer
analysis to predict thermal gradients and stresses setup in this region. The transient calculations
were made for three basic types of construction with passage size as per Table XV. The three types

WErIe:

(1) Integral wall - liner and coolant passage closure of same material

(2) Free-standing liner - no attachment between liner and cooling passage
closeout.

(3) Composite integral wall - liner and closure of dissimilar metals but fused
together.

The following ground rules for wall sections and heat transfer parameters
were assumed for the transient calculations:

Wall Section Parameters

Place of maximum heat flux 0.6 in. (1.5 cm) upstream of throat
Number of passages = 40

Total coolant flow = 0.690 Ib/sec (0.313 kg/sec).

Passage width = 0.090 in. (0.229 cm).

Heat Transfer Parameters

Cooling enhancement for passage curvature = 100%
Coolant temperature at analysis point = 128°F (326.5°K)
Combustion Efficiency = 97%

Mixture Ratio = 4:1

Chamber Pressure = 300 psia (206.8 N/cm?)

Mass of trapped H, in passage ignored

Temperature transients through walls on start-up were calculated using a
simple step input of heat to the combustion side wall in terms of a gas temperature and a heat
transfer coefficient. The analysis was made by construction of a nodal mathematical model and
solving the model by a finite difference method using the IBM 360/65 computer. A typical start-
up transient is shown on Figure 46 ,leading to a steady-state temperature as shown for a sample
wall [0.030 x 0.173-inch (0.0762 x 0.43%9-cm) slot] in Figure 47. The latter figure shows that
temperatures in copper liners are affected more by geometry (outer closure) than the nickel liners,
because of their ability to conduct heat up the web.

A minimum number of nodes was used to perform the analysis,one on each

surface of the 0.030-inch (0.076-cm) wall; thus it was not possible to show the nonlinearity (if any)
of the temperature gradient through the wall. To verify this analysis technique, a simplified one-
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Figure 46. Typical Temperature Transient

dimensional analysis through a thick wall was conducted with results shown in Figure 48. .The wall
temperature stabilized. in approximately 0.5 seconds and the gradient was linear through the wall,
confirming the adequacy of the basic calculations.

The shutdown analyses were conducted for the cases listed in Table XVI.
Initial temperature distributions were from the start-up anaiysis, and the time dependent temperature
distribution was calaculated based on the flow of heat by conduction only within the wall. No heat
was allowed to be removed from the section by the coolant or by radiation. The time to stabilize
(reach a constant temperature at all spatial nodes) is indicated on the table. The time is much shorter
for copper than nickel, because the copper walls have a more uniform initial temperature and higher
thermal conductivity.
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TABLE XV
LIST OF HEATING TRANSIENT ANALYSES

Passage Wall Time to
IBM ' Height Thickness Stabilize
Run Type of Combustion Wall
No. | Wall Construction | Efficiency Material (in.) (mm) (in.) (mm) (secs)
1 | Integral Wall 0.97 | Copper 0.129 3.277 0.030 0.762 1.0
2 0.97 0.173 4.394 0.030 0.762 0.70
3 0.97 0.223 5.664 0.G30 0.762 1.0
4 0.97 0475 12.065 0.030 0.762 >1.0
5 0.97 | Nickel 0.129 3.279 0.030 0.762
6 0.97 0.173 4.394 0.030 0.762 2.0
7 0.97 0.223 5.664 0.030 0.762 2.0
8 | Integral Wall 1.00 0.223 5.664 0.030 0.762
9 | Free Standing Liner 0.97 Copper 0.173 4,394 0.030 0.762 1.0
10 0.97 0.173 4.39%4 0.050 1.270 1.0
13 0.97 | Nickel 0.173 4.394 0.030 0.762 1.0
14 | Free Standing Liner 0.97 0.173 4394 0.050 1.270
11 | Composite Integral 0.97 Copper Liner 0.173 4.394 0.030 0.762 1.0
Wall Integral 0.97 { + Nickel Shell | 0.173 4.394 0.030 0.762
12 | Composite Integral 0.97 | Nickel Liner 0.173 4.394 0.030 0.762 1.0
+ Copper Shell | 0.173 4.394 0.030 0762 1.0
No film cooling Passage width = 0.090 in. (2.286 mm)

Due to the parametric nature of the transient study, the transient flow of the
hydrogen was ignored to simplify the analysis, and that omission was considered to be minor in
its effect on the results. The section of wall was at the location of expected maximum heat flux and

temperature gradients through the wall.

(2) Preliminary Thrust Liner Structural Analysis

The factors of safety used in the initial stress analysis of the thrust chamber
were:

Material Yield - F.S.=1.50
Material Ultimate - F.S. = 2.0

These factors were only applied to the stresses resulting from pressure loading. In conjunction with
these factors minimum strength allowables, such as the “A” values of MIL-HDBK-5A, were used in

the design along with the maximum expected operating temperatures. A factor of one was applied

to all loads resulting from temperature gradients in the structure and were incorporated in addition
to pressure stresses, in establishing fatigue capabilities which will be discussed below.

The preliminary nozzle liner calculations assumed that the section could be
analyzed as an equivalent cylinder using the dimensions and temperatures of the throat station. Table
XVII presents the nomenclature used for the analyses.
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TABLE XVI
LIST OF SHUTDOWN ANALYSES

Passage Wall : Time To
Height Thickness Stabilize
Type of Wall
No.| Wall Construction | Material in. cm in. cm sec
1. | Integral Wall Nickel | 0.129 | 3.277 | 0.030 | 0.076 2.0
2. Integral Wall Nickel 0.173 | 0.449 0.030 0.076 3.0
3. Integral Wall Nickel 0.223 | 0.566 0.030 0.076 4.8
4. Integral Wall Copper | 0.192 | 0.488 0.030 0.076 0.5
TABLE XVII
NOMENCLATURE

- developed longitudinal load resulting from differential thermal growth (1b)

mean radius of liner and/or closure (in.)

inner and outer radius of liner, respectively (in.)
inner and outer temperature of liner, respectively (°F)
outer closure temperature (°F)

coefficient of thermal expansion (107 in/in/°F)
thickness of liner and/or closure (in.)

throat pressure (psia)

developed interface pressure (psi)

coolant pressure (psi)

critical external buckling pressure (psi)

modulus of elasticity (10° psi)

Poisson’s ratio '

width of channel, cone length (in.)

longitudinal areas of components (in.?)
temperature parameter of land gradient =

4Tp-AT
A—TiL—ZTk—; TA = TMEAN - TOUT : & T = TINNER - TOUT
temperature parameter of land gradient =%1

average cone radius (in.)

effective uniaxial stress (psi)

radial, longitudinal, and circumferential stresses (psi)
material ultimate stress (psi)

actual fracture stress (psi)

reduction in area

developed cone angle (degrees)
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Several regeneratively cooled designs were considered; these included an
integral, rectangular-coolant channel structure in which the hot inner liner is metallurgically bonded
to an electrodeposited outer closure or shell and also a free standing (nonintegral) liner and land
configuration. The liner materials considered were: TD nickel, OFHC copper, zirconium copper
(0.15% zirconium) and silver-copper (0.04% silver). The integral designs included electrodeposited
nickel and copper. Since silver-copper and OFHC copper have essentially equal thermal conductivity
and the former has superior strength properties, emphasis was placed on silver-copper.

Radial temperature gradients were determined for each configuration, initially
assuming no film-cooling effects for the transient and steady-state operating conditions. The results
showed that the inner liner developed a linear thermal gradient while that in the radial land was para-
bolic. The structural analysis, which incorporated the above gradients, was conducted for the cir-
cumferential and longitudinal directions at various times in the transient cycle to define the resultant
stress and strain distributions.

For the integral wall designs, compatibility equations were derived for both
directions and then were combined using the Von Mises yield criteria to arrive at an effective uni-
axial stress and strain from which the thermal-fatigue life was determined. It was assumed that the
radial land did not contribute any stresses in the circumferential direction. Therefore, the com-
patibility equation was the result of the differential thermal growths existing between the hot inner
liner and outer closure shell. The compatibility equation used is:

2(1+p) agq (T;- T,)b [b3 ba? a?

tyy (b2 - 22) 6 2 3_] +(4w) ayg (T - Tomp 