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INTRODUCTION 

The Large Space Telescope (LST) is a 3-m aperture, near-diffraction- 
limited optical telescope which will be operated in earth orbit. The major 
elements of the LST are ( 1) the optical telescope assembly (OTA) , which 
consists of the mir rors  and other components of the telescope itself; ( 2) the 
scientific instrument package (SIP) , which consists of the detectors at the 
focus of the telescope that record images and spectral data; and (3) the 
support systems module (SSM) , which consists of the systems that are required 
to make the LST an unmanned, remotely operated spacecraft. 

The Phase A report has been prepared in five volumes. The OTA and 
the SIP were studied under contract by Itek Optical Systems Division, 
Lexington, Mass.  , and by Kollsman Instrument Corporation, Long Island, 
New York, respectively, and are covered in detail in Volume I11 (OTA) and 
Volume IV (SIP) . Volume I is an executive summary and Volume V is devoted 
exclusively to the SSM. Volume I1 is a summary of the other volumes, 
containing descriptions of the major elements and their components. It also 
contains the most detailed descriptions available of the interfaces between the 
LST elements and between the LST and the launch vehicle. 

Volume I1 also contains information not presented elsewhere, such as 
descriptions of alternative system designs and approaches that were investigated 
in tradeoff studies to arrive at the present LST reference design; mission 
analysis and results such as orbit selection, launch vehicle performance , and 
ground contact opportunities; OTA light shield trade studies; instrument align- 
ment tolerances; low cost considerations; and programmatics . 

Maintenance mode analysis results a re  also presented in Volume II. 
On-orbit and return to earth maintenance modes have been considered. On- 
orbit maintenance alternatives included pressurization of the SSM to provide 
a shirt sleeve atmosphere for maintenance and the use of the Shuttle manip- 
ulators and other remote operating equipment for component and instrument 
replacement , with no pressurization of the SSM. 

c 
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CHAPTER 1. SCIENTIFIC USES OF THE LST 
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CHAPTER 1 .  SCIENTIFIC USES 

A. In t roduc t ion  

The LST provides the scientific community 

OF THE LST 

with several fundamentally 
unique capabilities which allow the acquisition of new and important observa- 
tional data. Its lpcation in space allows observations over the entire spectrum 
from about 1000 A to about 5p. This represents roughly a sixfold increase 
in the continuous window available from earth. In addition the earth constraints 
on faint object detection and image resolution, which a r e  atmospheric seeing 
and sky background brightness, a re  removed and much improved, respectively. 
Thus, the LST offers all of the observational advantages of a large aperture 
instrument operating at  true diffraction-limited performance over a very 
large bandwidth. 

Astronomy still is basically an empirical science, dependent on obser- 
vations and the analysis and interpretation of new data. A s  such, it is there- 
fore largely a science of discovery, development of new theories which fit and 
explain observations , and significant revisions to existing theories and con- 
cepts. In this context, it is to be expected that the observation targets of 
most interest, the type of data to be obtained, and the subsequent analysis 
process to be applied will vary a great deal over the lifetime of the LST. In 
part, the direction these variations will take will be dependent on the results 
of initial LST observations. 

To illustrate the ways in which the LST can aid the advance of astronom- 
ical knowledge, several areas which a re  currently of high scientific interest 
a re  briefly discussed in the following sections. The areas chosen for dis- 
cussion a re  not ordered by any criteria of importance, nor a re  they a com- 
plete list of current significant problems. 

B. Scient i f ic  Objectives 
1. Variation of Hubble Constant With Distance. The spectra of 

distant.galaxies a r e  shifted toward the red, the amount of redshift being greater 
for the more distant objects. A s  far as  is now known, the relation between 
redshift and distance is linear; the proportionality constant is known a s  the 
Hubble constant. The only physical mechanism now known that can produce 
the observed redshifts is Doppler shifting caused by relative recessional 
velocities of the galaxies. The Hubble constant is therefore expressed in 
units of velocity per unit of distance; generally, in kilometers per see per 
megaparsec. 
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A question of the "constancy" of the Hubble constant arises in 
another connection. Some cosmological models predict an observed deceler- 
ation at  very great distances, and different models predict different deceler- 
ations. No measurable deceleration has yet been found, but sufficient spectra 
have not yet been obtained for galaxies at  the distances where the theories 
predict that deceleration begins. The ability of the LST to obtain high- 
dispersion, high-resolution spectra of very distant galaxies presents an 
opportunity to determine a value for the deceleration parameter. 

The data required for calculation of the Hubble constant by the 
classical method are  measured redshift values in the spectra of galaxies 
whose distances can be determined. The distances of such remote objects 
cannot be determined directly and may be found by measuring the apparent 
magnitude of each galaxy and assuming that its absolute magnitude is equal 
to the value most commonly possessed by galaxies having similar properties 
and known distances. The proper amount of correction for interstellar absorp- 
tion is usually uncertain; therefore, the distance determination may be dis- 
torted for that reason also. 

Ground;based spectrographs using image tubes can now achieve 
dispersions of 200 A/mm or better for observations of faint galaxy spectra 
on a fairly routine basis 11-11 . "Faint" here signifies apparent magnitudes 
of the order of 15. LST dispersions should be at least a s  good. 

2. Stellar Masses. It has been known LI-21 that the measured masses 
of stars are well correlated with their luminosities. The observed relation- 
ship, called the empirical mass-luminosity relation, is used to estimate 
masses of stars from their measured magnitudes. The luminosity in this 
relation is bolometric luminosity; i.e., the luminosity of a star over its entire 
spectral range. Only a portion of the stellar spectrum can be observed from 
the earth; therefore, the bolometric luminosity must be estimated by fitting 
the observed spectrum to a blackbody curve for the temperature which best 
represents the properties of the stellar atmosphere. 

The fitting process could be done with more certainty if the 
observable spectral range could be extended. LST instruments will be capable 
of observing in the ultraviolet and near infrared, thus providing this extension. 
The observations required would be low to medium dispersion spectra or  
narrowband photometry in the ultraviolet and infrared, and some observations 
in the visible wavelength range for calibration and comparison with earlier 
ground-based data. 

I- 2 
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3. Quasars, Seyfert Galaxies, and Peculiar Galaxies. In recent 
years, interest existed in extragalactic objects that appear to be much more 
luminous than normal galaxies. These objects include quasars, Seyfert 
galaxies, exploding galaxies, radio galaxies, and X-ray galaxies. These 
objects are characterized by high nonthermal luminosities in the radio, infra- 
red, and X-ray regions. 

Quasars have been under intensive observational and theoretical 
study ever since their discovery in 1963. A large fraction of their radiation 
is emitted at  radio and X-ray wavelengths, although spectral features a re  
observed only in the optical region. These features a re  the most important 
measurable quantities for determining densities , temperatures, and other 
physical conditions. Because of the weak optical emission, high-resolution 
spectrograms of the fainter quasars cannot presently be obtained. It will 
be very useful to obtain spectra in the infrared region to which many of'the 
lines normally in the visible region will be redshifted. Observations by the 
LST will be the only means to obtain these high-sensitivity measurements. 

In 1943, Seyfert described a class of galaxies which appeared 
to separate them from other galaxies known at that time. They a re  charac- 
terized by bright, condensed nuclei which have broad emission lines. 

Radio galaxies and the recently discovered X-ray galaxies a re  
other examples of unusual galaxies which will be the subject of extensive 
studies in the future. The ability of the LST to obtain detailed spectroscopic 
and high-resolution image data on these objects of low surface brightness 
will give astronomers a unique chance to determine the origin and evolution 
of these objects. 

4. Characteristics of Stellar Chromospheres and Coronae. Evidence 
of stellar chromospheres and coronae is obtained almost entirely from spec- 
tral  studies. Generally speaking, the presence of both is indicated by emission 
lines in the stellar spectrum; chromospheric emission is usually from neutral 
or singly-ionized atoms, and coronal emission comes from highly-ionized 
atoms. 

Prominent chromospheric stellar lines lie in the visible, the 
ultraviolet, and the near infrared wavelength ranges. Certain specific lines 
a re  considered to be indicators of chromospheric structure; this list may be 
extended in the future. Knowledge of stellar chromospheres is still incom- 
plete, and detailed spectral studies offer the possibility of adding a great deal 
of information. Chromospheric studies require observations of stellar spectra 
over the entire spectral range available to LST. The dispersion should be 
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very high to permit detection of a s  many lines -as possible, and the spectral 
resolution should also be very high to permit a chance of measuring the 
profiles of strong lines. Spectral line asymmetries and displacements should 
be measured if  possible. 

5. Details of Intergalactic Medium. The question of the existence of 
very large amounts of very diffuse matter distributed throughout intergalactic 
space has not yet been settled. The presence of such widely spread, diffuse 
material has been suggested for theoretical reasons. Based on our present 
knowledge, additional mass beyond what can be accounted for is required to 
stabilize clusters of galaxies. There i s  no direct observational evidence for 
the presence of such material. 

Lyman-a! absorption from intergalactic hydrogen might be observed 
if  background levels were low enough. Intergalactic light extinction and redden- 
ing might be detected by methods analogous to those used for measuring inter- 
stellar extinction. These two observations would require photometry of a 
precision far higher than has previously been possible because the hypothetical 
intergalactic component must be separated from the hydrogen extinction in 
our own galaxy. 

Another spectroscopic test has been proposed. It assumes that 
quasars a re  a t  immense distances and that their spectral redshifts a re  cos- 
mological. The hydrogen in the intervening space would also have radial 
velocities caused by the expansion of the universe, and the Lyman-a! line for 
the hydrogen would be Doppler shifted by varying amounts, depending upon 
the distance of the particular hydrogen cloud. The requirements for observing 
this phenomena from space are  very high spectrophotometric precision and 
moderately high dispersion. 

6. Globular Clusters and Nearby Galaxies. Globular clusters a r e  
dense groups of stars,  roughly spherical in shape, which tend to occur in the 
central and halo regions of a galaxy. They are  conspicuous in other galaxies, 
and those in the Magellanic Clouds a re  close enough to allow measurement of 
their colors [I-?,]. There is very little interstellar gas in most globular 
clusters, so that s tar  formation is presumably completed. In our galaxy, 
globular clusters a re  generally composed of old stars;  a globular cluster thus 
represents a sample of s tars  which have roughly the same age; therefore, 
the differences between the s tars  a r e  caused by the differences in their initial 
masses and by the different evolutionary paths they have followed. Studies of 
the stellar populations in  globular clusters of different ages a r e  the major 
source of information about the evolutionary processes in population 11 stars. 

4 

i 

P 

1-4 



The clusters also reveal something about the history of the galaxy 
to which they belong. It is thought that the gas clouds from which each of the 
clusters formed separated from the rest of the galactic gas at  an early stage 
in the development of the galaxy. The orbits of the globular clusters about 
the center of mass were slightly affected by the subsequent contraction and 
evolution of form of the remainder of the galactic gas, so that the orbits of 
the glbbular clusters provide a record of a part of the initial kinematic state 
of the galaxy. The relevant data for these studies a re  the positions and the 
radial velocities of the whole clusters. 

Evolution studies a re  also based on Herzsprung-Russell or color- 
magnitude diagrams, which relate the magnitude (luminositjr) of a s tar  to its 
color (temperature). These observations a re  incomplete or lacking for many 
clusters. Where these clusters exist, the magnitudes a re  often determined 
for a very wide wavelength range. The fainter limiting magnitudes attainable 
by LST should permit wideband photometry of stars in some of the fainter 
clusters. Such data would yield color-magnitude diagrams for previously 
unobserved clusters and improve the diagrams for some of the clusters which 
have been observed. 

Another form of photometric data is equally important. Globular 
clusters contain RR Lyrae stars, a type of variable star whose period can 
be correlated with its luminosity. Therefore, if the periods and apparent 
magnitudes of RR Lyrae stars in clusters can be measured, the distances to 
the clusters can be determined. RR Lyrae observations a re  the source of 
much of our information about cluster distances. Much work remains to be 
done in this area. 

One other spectroscopic observation can and should be made. The 
radial velocity of the cluster can be determined by measuring the Doppler shifts 
of prominent lines in the spectrum of the integrated light from the cluster. In 
the typical case, this would be comparable to measuring the Doppler shifts in 
the spectrum of a 12th to 14th magnitude star,  although the cluster spectrum, 
being composed of the spectra of many stars, will be harder to analyze. Radial 
velocities of Tost clusters a r e  of the order of 190 km/sec; therefore, a dis- 
persion of 20 A/mm should be adequate for such studies. 

Our knowledge of the globular clusters in visible wavelengths is 
still incomplete and much might be learned from observations in the ultra- 
violet and infrared. 
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Our knowledge about the fainter and more distant members of the 
Local Group of galaxies is comparable to our knowledge of the fainter globular 
clusters, except a larger probability exists that more faint galaxies remain 
to be discovered. The undiscovered galaxies, if they exist, probably a r e  
dwarf galaxies, small and of low-luminosity and low-surface brightness. 

Several of the known dwarf galaxies a re  difficult to observe because 
they a r e  very close to bright stars. Some advantage may be gained by observ- 
ing them with the LST, because light scattered by the earth's atmosphere will 
no longer be a problem. 

The distances and masses of several of the dwarf galaxies a re  not 
well known. The apparent magnitudes of the integrated systems a r e  difficult 
to measure accurately, and most of the existing mass estimates a re  based on 
tidal effect9 and assumed mass-to-light ratios 11-41. 

Direct images of the galaxies will also be useful. From them, 
density estimates can be made by counting stars,  and, from the intensity 
calibration, equal-light-intensity contours for the galaxy can be drawn. If 
possible, sets of isophotes should be made in both red and blue wavelengths, 
using broadband filters. Ultraviolet and infrared data would be interesting in 
addition to the visible -wavelength information. 

7. Distribution and Features of Matter in Interstellar Space. The 
interstellar matter is composed of gas and dust. Gas is mostly neutral hydro- 
gen, but contains other atomic, ionic, and simple molecular species. Dust 
is thought to be composed of clumps of molecules which form grains of the 
order of cm [I-51. Most of our information about gas is derived from 
spectroscopy, especially a t  radio wavelengths. Dust can be studied only 
through its obscuration and scattering of starlight. This discussion will 
consider only the optical wavelengths. 

In spiral galaxies, gas and dust tend to be concentrated in the 
spiral arms. Mapping the locations of large clouds of gas and dust therefore 
helps to provide information about the positions and dimensions of the spiral 
arms. Knowledge of the total mass of material in the galaxy is important to 
studies of galactic structure and evolution. A sizable fraction of the galactic 
mass appears to be in the form of interstellar matter which is not observable 
because its location and excitation a re  unfavorable. More information about 
the observable matter may suggest new observational approaches or at  least 
improve our guesses about the quantity, distribution, and properties of the 
unobservable material. Some of the interstellar particles polarize the starlight 
they scatter, presumably because they a re  elongated in shape and are  aligned 
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so  the long axes a re  roughly parallel. This alignment is thought to be produced 
by the action of local magnetic fields so that studies of interstellar polarization 
can yield information about the magnetic fields in gas and dust clouds. The 
composition of the interstellar matter is important also for studies of cosmol- 
ogy and stellar evolution. 

Interstellar material also directly affects other observations. Dust 
diminishes and reddens the starlight which passes through it. Distances of 
s tars  a re  often derived by comparing their apparent magnitudes with the 
absolute magnitudes which a re  normal for their spectral types. A s ta r  in a 
dust cloud may therefore be assumed to be more distant than it really is. The 
galactic distance scale is also based in part upon stellar distances derived 
from apparent magnitudes ; therefore, improper corrections for interstellar 
extinction can yield a distorted picture of the galaxy. 

Both photometric and spectroscopic observations provide informa- 
tion about the interstellar medium. Polarization observations are  classed as  
photometric measurements. 

Polarization measurements may be made for large-scale regions 
of the galaxy, where the scattered radiation originates from a number of 
sources so that the effective source of illumination is extended. In this case, 
the data give the direction of alignment of the interstellar particles; the strength 
and direction of the magnetic field in the observed region can then be estimated. 
Polarization observations a re  also made for reflection nebulae, which a re  
localized clouds of dust and gas visible because they a re  illuminated by a 
nearby star. In these cases, the polarization can be measured a t  various 
distances from the single illuminating source in several wavelength bands. 
These values a r e  determined by the details of the scattering process and 
provide information about the size, composition, and distribution of the 
scattering particles. 

Information about interstellar extinction of starlight is most com- 
monly obtained by observing the apparent colors of s tars  of known spectral 
type The greatest addition to existing data would be narrow-band photometry 
of a large number of s tars  of known spectral type. The spectral types have 
already been determined from the ground for enough s tars  to make up an 
ambitious observing program. The LST instruments probably will be able to 
extend the ground-based photometric data by up to 5 magnitudes. 

The interstellar matter produces absorption lines which appear 
superimposed on the spectra of bright stars,  and these lines constitute an 
important source of information. The strengths of the interstellar lines can 
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be used to estimate the amount of absorbing material between the s ta r  and the 
earth. Often, the lines a r e  Doppler-shifted by resolvable amounts. The radial 
velocities of the gas clouds can be determined from these'shifts. If there is 
more than one cloud in the line of sight, the spectral lines may be double. In 
addition, the constituents of the interstellar matter can be identified from the 
wavelengths of some of the spectral lines. 

The important quantities for interstellar spectroscopy a r e  high 
spectral resolution and dispersion, since sufficient light can almost always 
be obtained by observing a bright-enough star. The line strengths a r e  deter- 
mined by measuring the equivalent widths of the profiles; therefore, disper- 
sions should be high enough to allow for such measurement. Good resolution 
is required because the lines are  often blurred by random motions in the 
cloud. 

8. Star Formation. Star formation is thought to begin with the 
existence of a massive cloud of gas in interstellar space. For  reasons which 
a re  not yet known, the cloud may begin to condense. It contracts more rapidly 
a s  the gravitational attraction by its denser parts increases. When the inner 
parts of the gas reach a sufficiently high density, nuclear processes begin to 
convert hydrogen into helium, releasing energy. The gas becomes self- 
luminous and is now a star. The newly-formed s ta r  continues to evolve as  
its internal conditions and composition are  changed by the nuclear reactions. 
Gas in the contracting, preluminous phase is not identifiable on the basis of 
present knowledge. Therefore, deductions about s tar  formation must be made 
from observations of the youngest known stars. Young s tars  generally exhibit 
variations in intensity and in their spectral characteristics. They a re  often 
found near clouds of gas or  dust. 

T-Tauri s tars  a r e  thought to be examples of objects which a r e  
approaching the end of the contraction phase. T-Tauri characteristics seem 
to be adopted by objects of less than about 2 solar masses; essentially, 
nothing is known about the formation of the more massive s tars  [I-6, 1-73. 
There a re  other variable s ta rs  which a re  associated with nebulosity and show 
hydrogen emission lines in their spectra. These stars, which a re  otherwise 
spectroscopically distinct from T-Tauri stars,  a r e  a t  present grouped under 
the name of "Orion population" stars. {They may also be examples of very 
early evolutionary stages. ) Other objects which may provide information on 
evolution a r e  the Herbig-Haro objects and "flash" stars. 

The objects to be observed are  irregular variables; therefore, 
high-dispersion spectra a t  many different times a r e  desirable. Both the 
infrared and ultraviolet ends of the spectra should be observed. The ultraviolet 
range is particularly interesting because the T-Tauri s tars  a r e  much brighter 
in the blue and ultraviolet than normal s tars  of their spectral types. 
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Measurement of rotational velocities of these objects is important 
to theoretical studies of the early evolutionary stages. In addition, some of 
the stars appear to have expanding shells or to be ejecting material from their 
surfaces. A l l  of these effects appear in the spectra a s  Doppler shifts, splitt- 
ings, or  broadenings of absorption or emission lines. 

9. Planetary Nebulae and Wolf-Rayet-Type Stars. A planetary nebula 
is a s tar  surrounded by a mass of gas which is excited to fluorescence by 
ultraviolet radiation from the central star. The spectra of both components 
sometimes show emission lines, and the nebular spectrum has a weak contin- 
uum. Within this description, individual planetary nebulae differ widely. 

The central s tars  a r e  generally quite hot, a t  least in our own 
galaxy. Some have absorption spectra which a re  classifiable as  type 0, some 
a re  of type Of, having an 0-type spectrum with superimposed emission lines, 
and some a re  of Wolf-Rayet (W-R) type. Another group of fainter s tars  shows 
no absorption o r  emission lines a t  the low dispersions which a re  required to 
obtain their spectra from the earth. The strengths of the spectral lines vary 
over a wide range within all these classes. A t  least one central star may be 
a binary system. 

The nebulosity is thought to be matter which was ejected from the 
central star. The radiating part  of the gas may form a shell, or  shells, which 
expand radially. The velocities vary, but the average is of the order of 20 
km/sec. The nebulae often include structures such a s  knots, filaments, and 
gaps. 

Although planetary nebulae have been studied for more than 100 
years, surprisingly little is known about them. This is partly because of the 
great differences between individual objects and partly because they a re  
difficult to observe. 

The chemical composition, temperature, mass, density, and 
excitation conditions can, in principle, be determined from the spectra. 
Expansion velocities for the nebulosity can be found from Doppler shifts of 
spectral lines if they can be resolved. The observations should include 
spectral line strengths for a s  many of the stronger spectral lines a s  can be 
resolved. Because of the early spectral type of the central s tars  and their 
presumed high ultraviolet fluxes, ultraviolet observations of both stars and 
nebulae a re  important. The stellar continua should also be obtained, partic- 
ularly in the ultraviolet, because many of them depart strongly from blackbody 
shape. In the cases of objects which a re  too faint for detailed spectra, narrow- 
band photometry would yield valuable information for approximate spectral 
studies. Even wideband photometry would help to provide refined luminosity 
data. 
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On the average, the central s tars  a r e  almost 2 magnitudes fainter 
than the integrated magnitude of the surrounding nebulosity. Because the 
nebular continuum emission is nearly monochromatic, much of it can be 
removed with the proper filters. Even so, interference from the nebula often 
appears. The nebular hydrogen and helium lines usually mask the correspond- 
ing features in the stellar spectrum, and other absorption or  emission lines 
formed in the nebulosity frequently appear superimposed on the stellar spec- 
trum. It is usually easier to identify the nebular features on higher dispersion 
spectra. Short-term variations in the spectra of both s tars  and nebulae may 
exist. 

W-R s tars  have spectra which a r e  characteristic of very high 
temperatures. They a re  identified by the presence of prominent emission 
lines of neutral and ionized helium, carbon, and nitrogen. There a re  two 
major subclasses of W-R stars: (1) those whose spectra a r e  dominated by 
nitrogen emission a re  called WN stars,  and (2)  those whose spectra a re  
dominated by carbon emission a re  called WC stars. Besides these emission 
lines, the spectra of these s tars  differ considerably. Indeed, it would .be 
difficult to name a "typical" W-R star. 

It has been suggested that these objects may represent the final 
stages of formation of stars with masses about 4 to 10 times the solar mass 
[I-8, 1-91. More knowledge of W-R s tar  properties may therefore be signif- 
icant to studies of stellar evolution. Some central s tars  of planetary nebulae 
have W-R spectra. Even less is known about these than about the other W-R 
stars. 

The W-R s tars  a r e  assumed to have fairly compact atmospheres 
and to be surrounded by one o r  more extended shells of low density. The 
emission lines a re  broad and rounded, and few absorption lines a r e  identifiable. 
In many cases, the observed broadening is greater than can be accounted for 
by known mechanisms and must be produced by some unknown cause. 

Temperature estimates for the stellar atmospheres a re  uncertain 
because the continua depart from blackbody form, with the departures being 
larger in the blue part of the spectrum. Spectra extending further into the 
ultraviolet will help in understanding the radiation and absorption properties 
of the atmospheres. 

The broadening of the spectral lines makes Doppler-shift deter- 
minations imprecise. Even so, enough evidence has accumulated to suggest 
that models of W-R s tars  which assume that all radial motion occurs in an 
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expanding shell outside the stellar atmosphere a re  too crude. More probably, 
the s tar  has "a moderately extended, moderately dense atmosphere in chaotic 
motion above a compact photosphere" [I-8 I . 

Because most W-R stars  a r e  faint, high-dispersion spectra can 
be made for only a few of them from the earth's surface. 

High resolution and dispersion spectra are  needed for all the 
objects in the ultraviolet, and in the visible and near infrared for the fainter 
stars. The intrinsic variability of most W-R s tars  appears to be slight or  
nonexistent. However, several W-R s tars  a r e  known to be binaries, and at  
least four a r e  eclipsing binaries. The presence of another component in the 
system provides opportunity to obtain a t  least approximate information about 
masses and radii. Photometric studies should be made in several wavelength 
ranges to see if other eclipsing binaries can be found and to check furthe; on 
the possibilities of intrinsic variability. Also ,  the continua should be mapped 
in the ultraviolet down to the lower observable wavelength limit. 

High dispersion spectra in the visible and infrared a r e  also of 
interest. The amount of interstellar reddening of W-R s ta rs  is unknown in 
most cases, although it is probably large. Infrared spectra a t  high resolution 
may help to judge how large the reddening corrections to photometric data 
should be. Narrowband photometry of W-R s tars  in galactic clusters outside 
the plane of the galaxy will also help to determine the intrinsic colors of these 
objects [I-91. 

Distances of most W-R s tars  a r e  uncertain, since they must 
usually be derived from the strengths of the interstellar absorption lines in 
the spectra. Studies of the colors of W-R s tars  in the Magellanic Clouds and 
in galactic clusters of known distance can be used to improve the distance 
estimates by refining the estimated amounts of interstellar reddening and 
extinction. 

10. Optical Observations of X-ray Sources, Pulsars, and Neutron 
Stars. During the past 10 years, various astronomical objects have been 
discovered which were completely unexpected and unlike celestial objects 
known previously. These new objects include X-ray stars,  pulsars, quasars, 
neutron stars,  and possibly black holes. They form the basis of the new field 
of high-energy astronomy where the energy densities a re  fa r  greater than 
their normal counterparts. Because of their high luminosity and largely 
nonthermal emission, these objects were, for the most part, discovered by 
rocket and space-borne observations. These observations have continued to 
be the principal means of studying high-energy objects. 
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Although the major portion of the energy of these objects is emitted 
in the X-ray, gamma-ray, and radio regions of the spectrum, additional 
information about their nature has been derived from infrared, optical, and 
ultraviolet observations. The LST is expected to be an important part of 
future observations in this new branch *of astronomy. 

No high-resolution spectra a re  yet available for X-ray sources 
other than Sco X-1, but these data will be extremely valuable in determining 
distance, temperature, and atmospheric characteristics of these sources and 
thus obtaining these spectra will be an important assignment for the LST. 

Pulsars a re  thought to be rotating neutron stars,  objects of 
nuclear density only 10 km in diameter and at  least a s  massive as the sun. 
Of the three X-ray pulsars and over 40 radio pulsars which have been found, 
only one of them has thus far been identified optically, N P  0532. This pulsar 
is at the center of the crab nebula. N P  0532 pulses 30 times per sec and its 
characteristic pulse profile has been observed from the radio through the hard 
gamma-ray region. No spectral features are  apparent a t  optical wavelengths. 
Many unsuccessful attempts have been made to observe other pulsars. Due 
to their precisely known pulse period, the limit of detection for these objects 
is considerably below that of a continuous optical source. 

Dedicated observations by the LST could result in detection of 
other pulsars o r  place even lower limits on their optical emission. 

11. Detailed Studies of Planets. Extensive observations of planets a re  
now made with instruments other than optical telescopes. Radar, radio, 
orbiters, and atmospheric probes a re  being used more for studies of planetary 
atmospheres and surfaces. Nevertheless, there is still need for detailed optical 
observations. The earth's atmosphere is troublesome in planetary work, where 
the observer usually wants to obtain the finest possible detail within the image 
of the disk; therefore, a space-borne telescope provides a distinct advantage. 

Interesting properties of planetary atmospheres include compo si - 
tion, temperature, density, barometric pressure, size and distribution of 
atmospheric particles, and atmospheric circulation. The interesting prop- 
erties for planetary surfaces are  composition and topography, as  well as  the 
form of small-scale surface structures. Very little information about the 
surfaces of planets with dense atmospheres can be obtained at optical 
wavelengths. 
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The observations required a re  unpolarized photometric, polariza- 
tion, and spectroscopic measurements a t  different times. LST observations 
should concentrate on the ultraviolet and the infrared. Most of the dense 
planetary atmospheres absorb strongly in the red and infrared wavelengths, 
and photometric observations in different infrared bands may give information 
about the height structure of the atmosphere. Ultraviolet wavelengths are 
requirgd to penetrate to the lower levels of the atmospheres. Photometric 
observations a r e  needed at  a s  many different points on the planetary disk a s  
possible, because the distribution of the reflected sunlight depends upon the 
scattering properties of the surface or atmosphere as well a s  upon the planet's 
angular distance from the sun [I-101 . The disk photometry thus provides 
information about particle sizes and densities. The measured polarization 
provides additional information about particle sizes and distributions and also 
allow the elimination of some proposed compositions which do not produce the 
observed polarization. The data a re  required for the same wavelengths as  
the unpolarized photometry. The internal precision of the measurements 
should be * O .  001 degree polarization (k0. 1 percent) or better [I-111 . 

Because the planets a r e  illuminated by the sun, their spectra 
resemble the solar spectrum with additional absorption lines corresponding 
to the absorption in the planetary atmospheres. The major absorption bands 
a re  molecular bands and lie in the infrared [ 1-12] . The strengths and positions 
of these bands a re  determined by the number and type of molecules which pro- 
duce the absorption; therefore, they can be used to study the composition of 
the atmosphere. The strengths also give clues to the atmospheric temperature 
and pressure. 

A second application of spectroscopic observations is in estimating 
the rotation period of the planet from the Doppler shifts of the absorption lines. 
This requires measuring the spectra at  the limbs to obtain the radial Doppler 
shifts. 

12. Studies of Asteroids, Comets, and Other Small Bodies. Comets 
a re  thought to be conglomerate masses consisting of dust and metallic particles 
embedded in an ice of organic and water molecules; the ice forms about 75 
percent of the comet mass 11-13]. Their orbits about the sun a re  usually 
highly eccentric; therefore, most comets spend most of their time far out in 
the solar system and are  usually invisible.. A s  the comets approach perihelion, 
the frozen gas vaporizes and forms the head or coma, a diffuse, which is 
roughly spherical cloud around the frozen nucleus. Often a tail appears. 
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Comet spectra consist of the reflected solar spectrum with super- 
imposed emission bands. These bands a re  the primary source of observational 
information about comets. Identification of the bands provides information 
about the composition and about the excitation conditions (in particular, the 
temperature and pzessure) in different parts of the comet. A t  dispersions 
of the order of 20 A/mm, many of the molecular bands can be resolved. 

High spatial resolution is also very important to comet spectrum 
studies since it permits isolating the spectra of different parts of each struc- 
ture. It may thus be possible to study variations in the intensities of the 
emission lines a t  different parts of the head and tail. A focal plane scale of 
25 to 50 arc-sec per millimeter permits distinguishing regions of the order 
of several hundred to a thousand kilometers at a distance of I AU from the 
earth [I-141. 

High dispersion spectra of good spectral and spatial resolution 
should be made for as many comets as  possible. Such observations will be of 
assistance for theoretical and spectrum studies of both the molecular emission 
and the scattered solar absorption spectrum. Line profiles should be obtained, 
since they would be particularly valuable for studies of the internal motions 
of the material. The ability to choose the location and orientation of the 
spectrograph slit on the image would be valuable. The observations should 
be made in all available spectral ranges and at  as  many points in the comet's 
orbit a s  possible. 

Observational studies of asteroids are  based on photometry. The 
asteroids a re  small irregular chunks of solid material in orbit about the sun. 
Most of them a r e  in the asteroid belt between Mars and Jupiter. A l l  informa- 
tion about the physical properties of these objects must be derived from the 
light they reflect. The observable quantities a re  the apparent magnitudes and 
the degree of polarization of the reflected light in various wavelength bands. 
From apparent magnitudes and colors measured at  different times, it is 
possible to derive light curves which allow estimation of the reflectivity of 
the surface and the shape, size, and rotation period of the body. Measurements 
of polarization a t  different phase angles to the sun can provide more informa- 
tion about the surface properties. Because the objects a r e  so irregularly 
shaped and because their orbits a r e  generally inclined to the earth's orbit, the 
combined effects of precession and changing relative positions of the earth and 
the asteroids mean that two observations made at  the same solar phase angle 
may in fact refer to very different portions of the asteroid surface. None of 
the physical properties a re  well known, and there are  puzzling variations 
between some of the objects. Some unexplained phenomena are  consistently 
observed; e.g., the colors of some asteroids depend on their solar phase 
angles. 
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Most modern asteroid photometry is done in the UBV system. 
Studies a t  comparable wavelengths should be continued with the best possible 
precision, and corresponding polarization measurements should be made. 
The photometry and polarimetry should be extended to the ultraviolet. Gehrels 
[I-151 gives a list of suggestions for specific future asteroid studies which 
also includes observations of high dispersion spectra to search for absorption 
features'and possible emission. 

Saturn's rings a r e  another assemblage of very small particles. 
Photometric measurements include brightness a t  different solar phase angles 
and ring inclination angles. The rings a re  not of equal brightness; therefore, 
good spatial discrimination is required. The necessary amounts depend on the 
angle a t  which the rings a re  seen. In addition, the brightness within a ring 
appears to vary in the east-west direction. The rings show a tendency toward 
a dependence of color on solar phase angle; therefore, color and brightness 
observations should be made at  a number of different times. Polarization 
measurements at  various positions in the rings and angles to the sun a re  also 
of interest. A l l  of these observations should be made in the visible, the ultra- 
violet, and the near infrared. Spectra should be obtained, especially in the 
near infrared where molecular bands tend to occur, 

13. Helium-Rich Stars. A number of s tars  show helium abundances 
which a r e  unusual for their spectral types, but the term "helium star" is 
usually reserved for the members of a very small class of s ta rs  with abnor- 
mally strong helium lines and abnormally weak hydrogen lines. They may be 
the helium cores of s ta rs  which have lost their hydrogen shells. In that case, 
they would be an important source of information about energy generation and 
evolutionary processes [I-161. Even if they prove to have a more common- 
place explanation, they are  still important for studies of abundances and 
evolution. 

On the basis of present knowledge, little photometry is required. 
Wideband observations could be made at  different times to search for evidence 
of variability. Narrowband photometry in the ultraviolet and near infrared 
would give a quick check of possible abnormalities in the spectral continuum. 
Most of th,e required observations a r e  spectroscopic. Higb resolution (a t  
least 0.1 A) spectra should be made a t  dispersions of 10 A/mm o r  better. 
Line profiles should be obtained whereever possible. Because these a re  
early type stars,  their ultraviolet spectra a re  particularly interesting. The 
visible region and the near infrared should also be studied. Spectra should 
be made at  different times to check for spectrum variability. 
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14. Studies of Variable Stars. Variable stars,  by definition, a r e  s tars  
whose magnitudes appear to vary. They may be multiple-star systems in 
which one component eclipses another, or they may be intrinsic variables, 
whose luminosity variations a r e  caused by internal changes. In the optical 
wavelengths, the time scale for variability may extend from the order of 
minutes to hundreds of years. Changes appear in the spectra a s  well a s  in 
the luminosities of many intrinsic variables, and these spectrum changes 
provide clues to the physical processes which cause the variations. 

Observations provide data on such stellar characteristics a s  
size, mass, surface temperature, shape, internal density distribution, and 
composition and extent of the stellar atmosphere [I-171. In addition, they 
furnish data on galactic structure. Many of the intrinsic variables a re  highly 
luminous and can be detected relatively easily. Some types of variables have 
well-defined relations between luminosity and some other easily-determined 
characteristic (e. g. , length of period o r  shape of light curve) and these s tars  
can be used as luminosity standards for determining distances, dimensions, 
and structures of our own and other galaxies [I-171. 

A f t e r  a s ta r  has been identified a s  a variable, its light curve must 
be determined. This process requires precise photometric observations made 
repeatedly over a sufficient length of time to determine the period, if the 
variable is periodic, or  to establish with reasonable probability that no regu- 
lar period exists. 

For some types of stars,  the observations must be spaced care- 
fully to prevent the determination of spurious periods [I-181 , Novae and 
supernovae s ta rs  increase in brightness suddenly and then decline until their 
brightness returns roughly to its initial value; the rate and pattern of the 
decline a re  different for different types of novae. The brightness increase in 
the eruptive stage is very great; a total increase of about 10 to 11 magnitudes 
can be considered typical [I-191. The spectrum changes throughout the 
process. 

Detailed photometric data and spectra in all accessible wavelength 
ranges, from the beginning of a nova eruption to the final decline stages, 
would be of great value. The spectra should be taken at  the highest available 
resolution and dispersion. 

The required observations for other types of variables a re  similar: 
wideband photometry or, for  the brighter and more thoroughly studied vari- 
ables , narrowband photometry; and spectra of the highest possible dispersion 
and resolution. 
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15. Infrared Studies of Stars and Galaxies. Ground-based observations 

e revealed a large number of objects whose radiation is emitted almost 
entirely in the infrared or whose infrared radiation is anomalous in that it 
deviates markedly from predictions based on visual or  radio data. These 
observations have been limited to a few "windows" or  wavelength intervals in 
which the earth's atmosphere is transparent, and observations from space 
should increase the amount of accessible infrared data by 30 percent or  more. 

The vast majority of infrared sources so f a r  observed can be 
identified with late type giant stars. Many galactic sources radiate much more 
intensly in the infrared that would be inferred from a blackbody distribution 
for the appropriate spectral type. This infrared excess is currently assumed 
to represent thermal radiation from a dust shell o r  cloud surrounding a cen- 
t ra l  star. The evidence for this is still largely circumstantial, and their 
spectra have not yet been scanned in the region of the excess with sufficient 
resolution to distinguish between continuous and many-line emission. 

The origin of the inferred dust shells has been the subject of 
much speculation. Some may have been formed from material ejected from 
the central stars,  whereas others may represent the remnants of the original 
dust cloud from which the s tar  was formed. Although the mechanism respon- 
sible for the infrared excesses is considered to be well understood, observa- 
tions in the infrared a re  the only known method for determining which s tars  
have dust shells. 

There a re  many reasons for observing stellar spectra in the 
infrared. Certain abundant molecules can be observed only in the infrared 
and others have their strongest transitions in this region. Thus, infrared 
observations can provide important information concerning the abundances of 
relatively light elements, and many molecules never before observed in an 
astrophysical source may become available for study through their infrared 
rotation-vibration bands. Measured line strengths can be used to evaluate 
the infrared opacity of late-type stars,  which, in turn, is  needed for the 
construction of realistic model stellar atmospheres. Further studies of 
infrared lines in early-type s tars  will be useful in illuminating the structure 
of their outer layers, and infrared spectroscopy can be used to investigate 
the chromospheres of cool stars. 

C. Instrument Growth Capability 
The concept of scientific instrumentation modularity for ease of 

removal and replacement has permeated the Phase-A design. Maintenance 
on an instrument "blackbox" level provides for singularity of design and 
relatively simple interfaces, the most critical being the optical tolerances 
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and thermal control designs. The ability to establish universal mechanical 
interfaces leaves the surrounding design of the instrument to expand or  take 
on any required shape which would house an instrument with improved inves- 
tigative powers for the LST. 

The development over the years of scientific instrumentation located 
at  the most advanced ground-based observatory reveals that the early periods 
a t  a new ground site a re  spent in developing a familiarity with equipment. 
Next comes the improvement of existing equipment, then the use of innovative 
unique equipment and modern technological schemes using digital solid-state 
devices for system operation and data gathering. The LST will be initiated 
a t  the third level; however, it will probably experience a remarkable variation 
by using the Shuttle to update and upgrade the scientific instrumentation 
periodically. 

D. Role of Pr inc ip le  invest igator (P I )  Astronomers 

To quarantee that the community of astronomers realize their goal 
of a large diffraction-limited performance telescope in space, NASA is 
establishing the ways and means to involve a sufficient number of non-NASA 
astronomers to establish sufficient astronomical expertise to provide the 
necessary scientific judgement. The LST must reflect their opinions of 
relevance in design and must be widely available to the best astronomers. 

The structure to be developed is divided into LST science groups. 
The LST program and project scientist and managers from MSFC, GSFC, and 
NASA Headquarters will work with five individual astronomers (experimental- 
ist, users, and theoreticians) and five instrument definition team leaders. 
The team leaders will represent a five-man instrument( s) development effort, 
one for diffraction-limited camera instrument, low dispersion spectrograph, 
high dispersion spectrograph, and two other undefined instrument( s) assigned 
to two additional groups. 

The procedure for selection of instrument definition teams and flight 
instrument and science teams for the national facility LST is being developed 
around the following guidelines: 

1. 
1972. The purpose is to solicit scientific community participation in scientific 
instrument definition. Proposals in response to the SFP will include conceptual 
definition of the proposed instrument, proposed scientific uses for the instru- 
ment, and a discussion of how the proposer can contribute to the instrument 

A solicitation for proposal (SFP) is planned for early December I 
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definition team in manpower, technical expertise, and/or resources. A 
selection committee will be established by OSS, NASA Headquarters, to 
select the individuals for the instrument definition teams. For planning 
purposes, it is assumed that five teams will be selected consisting of five 
members each. NASA will appoint the team leaders with'the concurrence of 
team members and will establish milestones for revised proposed instrumenta- 
tion submittals, which will include objectives of the proposed instrumentation, 
design drivers, technology development areas, interface definitioh, perform- 
ance requirements, and technical guidelines,for preliminary design of the 
instruments. i 

2. Instrumentation selection for flight will be made by an OSS- 
appointed committee. The development of the selected instruments will be 
procured directly by NASA. This concept does not exclude the unique instru- 
ment developed by a single PI; however, the team effort and broadly acckpted 
instrument will be more easily and readily approved. The definition teams 
will be dissolved at the conclusion of the definition activities. 

3. The Announcement for Flight Opportunity (AFO) will be released 
by OSS in mid-1974 requesting proposals from potential users of the instru- 
ments which may include proposals from members of definition teams. A 
user selection committee will be established by OSS to select the individuals 
for the science teams; a team will be selected for each instrument selected 
for flight. The science team leader will be appointed by OSS with concurrence 
of the team members. The science team will be in the most advantageous 
position to be a prime user of the instrument and will be given appropriate 
consideration. 

E. Role of LST and Ground-Based Astronomy 

In no sense does the LST compete with, or supplant, earth-based 
astronomy. Instead it is a tool to amplify on-going ground observational 
programs and to f i l l  in data gaps in certain areas of research. Because of 
its potential for faint object detection and the expanded spectral window, the 
total available viewing time can be productively consumed many times over, 
solely in gathering data in the spectral and brightness ranges which a re  
inaccessible from the earth. 

For  this latter reason, the LST observing program will be largely 
determined by the status of ground observational programs and research 
during its operating lifetime. In general, the observations will be confined 
to specific objects using instruments selected to provide data to answer 

1-19 



questions or resolve problems raised in the course of ground activities. 
Little work of a general survey nature will probably be done, with the possible 
exception of surveys for certain classes of faint objects. Even here, however, 
much work of this the can be accomplished as a secondary result of viewing 
specific target areas. 

E 
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CHAPTER 1 1 .  PHASE A STUDY APPROACH 

A. Study Approach and General Guidel ines 
The Marshall Space Flight Center (MSFC) report, Large Space 

Telescope '( LST) Preliminary Study, dated February 25, 1972, was used as 
the beginning point of reference for the Phase A study. The primary objective 
of the Phase A study was to evolve to a reference design LST configuration 
which could achieve the precision accuracy and stability desired for large 
space telescopes. 

During the Phase A study activity, participant responsibility was 
allocated as  follows: 

1. ITEK was responsible for the analysis and design of the Optical 
Telescope Assembly (OTA) , which is defined in Volume III. This responsi- 
bility included review, analysis, and utilization of the results from the light 
shield study performed by the University of Arizona. It also included insuring 
satisfactory interfaces between the OTA and the other major elements of the 
LST. 

2. Kollsman Instrument Corporation was responsible for the analysis 
and design of the Scientific Instrument Package (SIP) , which is defined in 
Volume W .  This responsibility included insuring satisfactory interfaces 
between the SIP and the other major elements of the LST. 

3. MSFC was responsible for the analysis and design of the Support 
Systems Module (SSM) , which is defined in Volume V, and for integration 
of the overall LST. 

The study approach employed during Phase A was to investigate 
technically, in some depth, a variety of promising LST configurations, sys- 
tems, and subsystems. Technical analyses and trade studies were conducted 
to select the more promising concepts. Analyses and trade studies were 
continued on these concepts until the reference design LST configuration was 
defined. 

This resulting reference design configuration provides an overall 
integrated mechanical, thermal, and structural design concept. Analyses 
indicate that this reference design concept minimizes launch and environment 



loads to the primary optics, minimizes thermal distortions of the telescope, 
and isolates spacecraft disturbances from the primary mirror and telescope 
structural assembly. This design also provides for on-orbit maintenance for 
subsystem replacement and instrument update. 

The selection of the Phase A LST reference design configuration a s  
discyssed in this document is meant to serve as a starting point for Phase B 
activities and should in no way constrain the option to investigate other con- 
cepts, systems, and subsystems. 

6. LST Study Guidelines 

1. General Study Guidelines 

1; The LST launch date is late 1980. 

2. The LST must be designed for Shuttle initial launch and 
eventual rethrn (either for maintenance o r  at  end of life). In addition, the 
LST, including a 20 percent mass contingency as  a design goal, must be 
compatible with launch on the Titan IIIE with the 17 m (56-ft) Viking shroud 
a s  a backup mode. Other backup launch vehicles will be analyzed during the 
study. 

3. Total mission duration (on-orbit operation) will be a minimum 
of 5 years. 

4. The nominal orbit will be a 28.5 degree inclination, 611 km 
(330 n. mi.) altitude; parametric data will be generated to show the impacts 
of other orbital altitudes and inclinations. 

5. The time of the nominal initial maintenance visit  will be 
determined during the study. 

6.  The telescope aperture is 3 m or a s  close thereto a s  possible. 
Performance shall be diffraction-limited. Wavefront e r ror  sensing and con- 
trol should be done no more than once per month as  a goal. 

7. The MSFC LST Preliminary Study Report, dated February 25, 
1972, will be utilized as the reference document for the OTA and SIP definition; 
SSM requirements will be revised based on that document and additional 
requirements stated herein. 
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8. In its normal operating mode, the spacecraft will have the 
capability of viewing targets within the entire celestial sphere except for 
targets within 45 degrees from the center of the sun and within 15 degrees 
from the center of the moon; data will not normally be taken within 15 degrees 
of the limb of the earth. Viewing capability during daytime and nighttime is 
required; the parameter to be optimized is total mission viewing time, with 
star magnitude colntributing to the trade in a weighted manner to be determined 
in the study. 

9. Integrated viewing time per target will vary from a few sec- 
onds to approximately 10 hours. Experiment interruption due to alignment 
and focus of the telescope or  instruments should not be required more often 
than once per orbit a s  a goal. 

10. The telescope instruments and attitude sensors will have 
automatie protective devices for protection against inadvertent viewing of 
the sun, moon, etc. 

11. Reliability requirements for the LST will be determined in the 
study. There will be no single point failure of critical systems and ground 
diagnosis/failure correction commands will be used whenever possible. Fail- 
ure rate data on existing equipment will be empirical data a s  adjusted for  the 
environment; when this is not possible, the RADC Reliability Notebook, 
Volume 11, will be used for basic failure rate data. An autonomous attitude- 
hold capability with a high reliability shall be provided. 

12. 

13. 

Failures will be isolated to at  least the "black box" level. 

Docking port internal clearance must be 1 m in diameter and 
compatible with the Shuttle and Docking Module. The international docking 
mechanism concept will be used. 

14. During all on-orbit operations involving the Shuttle, 
impingement/contamination of effluents from the Shuttle on the LST will be 
minimized. During deployment, retrieval, and when docked to the Shuttle, 
the LST appendages will nominally be retracted and all  protective covers 
closed. 

15. The Shuttle will provide the hardware necessary to deploy the 
LST from the cargo bay and release it and to rendezvous and dock with the 
LST. 
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16. Maximum utilization shall be made of hardware and designs 
from other programs which a r e  expected to be operational in the same general 
time period as the LST [High Energy Astronomy Observatory (HEAO) for 
example] to reduce costs and improve confidence. 

17. For purposes of defining mass locations, the axes shown in 
Figure 11-1 will be utilized. The origin is a t  the aft surface of the docking 
ring. 

18, A t  least the following three approaches to maintenance will 
be analyzed and compared: 

a. On-orbit Pressurized Maintenance. 

b. On-orbit Unpre s surized Maintenance. 

e. Earth Return Maintenance. 

Note: For  pressurized maintenance, pressurization gases a re  
assumed to be aboard the support vehicle. The LST internal pressure for 
this mode should be 1.01 X lo5  N/m2 (14.7 psi) during maintenance and 0 
during other periods of operation. 

19. A moderate amount of extravehicular activity (EVA) will be 
permitted during Shuttle visits. 

(NOMINALLY 
SUNWARD SIDE) 

FRONT VIEW 

f 1 

I 
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20. The maintenance vehicle will have the capability of providing 
attitude control and other necessary functions to the LST while docked. The 
U T  will normally be dormant while docked. (The required active LST 
equipment will be defined in the study.) 

21. The general philosophy of design of the LST will be one of 
low cost, with the capability of easily updating instruments and critical sys- 
tems as more accurate or  more sensitive hardware becomes available. 

2. Structure Guidelines 

1. 
( 147 in.) . The 17 m (56-ft) Viking shroud dynamic envelope is shown in 
Figure 11-2. 

The maximum allowable LST dynamic envelope is 3.7 m 

2. The structure interface between the SSM and the OTA will be 
at the aft surface of the OTA main ring. Structural design and thermal con- 
trol design of at  least the first 1 m (40 in. ) of the SSM immediately aft of the 
OTA interface will require concurrence of the OTA design group. 
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3. The probability of no meteoroid penetration will be or  exceed: 

a. 0.95 for 5 years - System 

b. 

c. 

0.98 for 5 years - Pressurizable, inhabited volumes 

0.995 for 5 days - pressurizable inhabited volumes that 
a r e  inhabited during periods of maintenance. 

4. Fluid pressure vessel (bottles) safety factors will be in 
accordance with Structural Strength Design and Verification Program Require- 
ments, MSFC Handbook 505, June 1, 1971. 

5. The telescope structure will be designed to allow a cradle 
support to be utilized in the primary mirror support ring area for Shuttle 
launch and retrieval. 

6 .  A safety factor of 1.4 will be applied to limit loads to obtain 
ultimate loads. A safety factor of 2.0 will be applied to the pressure in 
pressurized volumes. 

7. The add-on structure necessary to accomplish a Shuttle 
launch and/or return will be defined. 

8. Structural Linearity - The structural design will minimize 
coulomb-friction-producing points where possible. 

9. The LST will be designed to be capable of launch in the 
upright o r  inverted orientation in the Shuttle and in the upright orientation 
in the Titan. 

10. Structural panels containing thermal control coatings will be 
designed with sufficient rigidity to eliminate the probability of flaking. 

11. Limit load factors 

a. Titan launch - 6 . 0  g axial + 1.5 g pitch. 

b. Shuttle launch 
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(1) 

(2) 

3 .3  g axial + 0.6 g pitch + 0.6 g yaw a t  cutoff. 

-0.5 g axial -4.0 g pitch f: 1.0 g yaw a t  reentry. 

(3 )  -1.3gaxial  -3 .2gpi tch* 0.5gyawatlanding. 

3. Thermal Control Guidelines 

1. 

2. 

See the preceding heading, Structure Guidelines, item 2. 

The power required for thermal control of the OTA will be 
assumed initially to be 400 watts. The power to be dissipated from the SIP 
and SSM a re  300 watts and 786 watts, respectively (initial assumptions). 

3. 
adiabatic. The thermal interfaces between the SSM and the SIP are  the 
radiative surfaces of each instrument. SIP waste heat is to be dissipated 
through the SSM walls. 

The baseline OTA/SIP interface will be designed to be 

4. The thermal control design will be a s  passive as possible 
to insure high reliability, long life, low cost, minimum interference with 
other systems, and minimum maintenance requirements. 

5. See the heading, General Study Guidelines, item 9. 

6 .  See the heading, Structure Guidelines, item 10. 

4. Communications and Data Management Guidelines 

1. The Spaceflight Tracking and Data Network (STDN) will  be 
the primary data network for early missions. The maximum data rate capa- 
bility of the stations is assumed to be a s  follows: 

a. Uplink - 1 kbs 

b. , Downlink - 1 megabit/sec 

2. Baseline communications and data systems will be designed 
to be independent of the Tracking and Data Relay Satellite System (TDRSS) . 

3. Bit e r ro r  rates a re  as  follow: 
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a. Downlink - Pe b =  10-5, 

b. Uplink - P = b 
e 

4. The time resolution for the command execution is 5 minutes 
24 hours. 

5. Clock stability: 1 X in 24 hours 
Clock resolution: 16 kHz 

6. One quick-look picture per orbit displayed at  a control center 
is required to locate a spectrograph slit with respect to an object star. 
Alternatives to provide this capability will be investigated. 

7. The control center is assumed to be in the continental Uhited 
States for the purpose of this study. 

5. Attitude Control System (ACS) Guidelines 

1. Guide s tar  acquisition accuracy (SSM trackers) will be as 
follows : 

a. =t30 a rc  sec ( 2  axis), 3a 

b. k0. i degrees about line of sight (LO§) , 3a. 

2. LST coarse pointing accuracy (offset fine guidance sensors 
+ SSM actuators) will be *l arc  sec (3-axis), 3a . Note: Body stabilization 
capability will be studied to a s  fine an accuracy a s  possible. 

3 .  LST fine pointing accuracy (offset fine guidance sensors -t 
SSM actuators + secondary mirror control) is *O. 1 arc  sec (2-axis). 

4. Image motion stabilization (offset fine guidance sensors + 
SSM actuators + secondarymirror control) is 0.005 a rc  sec rms  (2-axis). 

5. Maneuvering: a t  least 60 degrees in 40 minutes required; 
up to 90 degrees in 5 minutes will be considered, depending on actuator 
selection. 

6. LST motion settling time after maneuver should be no greater 
than 5 minutes (including OTA coarse/fine guidance handoff). 
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7. Occasional off-sun roll orientation about the viewing axis 
during daylight or dark times may be required (up to three orbits duration, 
no more often than once per month) for spectrograph slit orientation. This 
should not be allowed to drive the design inordinately. 

6. Electrical System Guidelines 

1. The baseline electrical power design will be a solar array- 
rechargeable battery system. 

2. Solar arrays should be capable o€ being oriented so that the 
LST might view the entire celestial sphere. Arrays should be retractable and/ 
or  jettisonable for compatibility with Shuttle visits and return to earth. 

3. 

4. 

System voltage shall be a nominal 29 f 1 Vdc, with regulation. 

See the heading, Attitude Control System Guideline, item 7. 
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CHAPTER I 1 1 .  M I S S I O N  ANALYSIS 

A. Reference Design Miss ion  Analysis 

Results of the LST Preliminary Study conducted by MSFC' s Program 
Development impacted the Phase A Study reference design mission definition. 
The recommended orbit (611 km altitude, 28.5 degree inclination) was selected 
on the basis of launch vehicle performance and space environmental consider- 
ations for this Phase A Study. The Space Shuttle will be the primary launch 
vehicle and means for emergency and/or end-of-life LST retrieval. 

An LST delivery flight profile for Space Shuttle delivery of the LST to 
the final orbit is presented in Table III-1 and Figure IUE-1. The major events 
required for LST deployment and system activation are described. The 
Shuttle ascent profile checkout sequence in the 185.2 km (100 n. mi.) orbit, 
transfer to the LST orbit, LST deployment operation, Shuttle phasing for 
reentry, deorbit, and landing a re  defined with their duration and A V require- 
ment. The orbital coast time for deorbit phasing was scheduled to allow a 
period for Shuttle systems checkout and crew rest prior to initiation of the 
deorbit maneuver (Event 23) .  The deorbit phasing and reentry times speci- 
fied are consistent with Shuttle cross-range and atmospheric maneuvering 
capability. The availability of dark-time viewing opportunities for checkout , 
calibration, and tracking station contact during the 7 day deployment mission 
duration is shown in Figure 111-2. Tracking station contact for the six stations 
listed is represented by the single vertical bars. The width of these bars is 
the length of contact as read from the abscissa of the figure. The abscissa is 
scaled from time of launch ("0 hours") to 160 hours, which encompasses LST 
activation and deployment as  shown in Table 111-1, The time spent on the sun- 
light portion of the orbit is depicted similarly with the dark-time viewing 
opportunities indicated between sunlight periods. 

Once the LST is in its operating orbit, there will be a period of prep- 
aration for normal operations. Solar arrays will have been deployed and the 
support systems module (SSM) subsystems activated prior to release from 
the Shuttle. A series of maneuvers will be performed to check the functioning 
of the attitude control system (ACS) . Once the SSM maneuvering capability 
has been verified, the optical telescope assemblies (OTA) and scientific 
instrument package (SIP) will be checked. Also, what has been termed 
"relative calibration" will be performed on each instrument in the SIP, and 
the calibration data will be analyzed to verify the functioning of those instru- 
ments. This type of calibration will essentially compare on-orbit instrument 



readings utilizing an artificial source with those received on the ground from 
the same source prior to launch. This calibration will identify any changes 
in instrument performance due to launch vibrations. 

23 

8-22 

Figure III-1, LST deployment profile. 

When the postlaunch checkout of the LST functions has been completed, 
an inactive period of approximately 48 hours will be provided to permit the 
clearing of contamination (e. g. , engine exhaust, outgassing) and to allow the 
LST to reach thermal equilibrium; At the end of the contamination clearing 
period, a series of observations will be made using selected celestial objects 
in order to check the functioning of the LST subsystems in an operating environ- 
ment and to measure the stability of telescope pointing. 

The observation sequence will be initiated by maneuvering the line of 
sight (LOS) to a known standard calibration s tar  for the desired instrument 
and, i f  required, the alignment of the instrument and telescope optics. 
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Following alignment, what has been termed "absolute calibration" will be 
performed. Specifically, this type of calibration will require that the specific 
instrument be calibrated against the known standard calibration star. No 
specific amount of time will be allocated at the beginning of the mission to 
perform this type of calibration on each instrument contained in the SIP, 
rather an instrument will be calibrated immediately prior to its use by the 
principal investigator who will be using it. 

Following calibration, the two guide stars to be used during the obser- 
vation will be acquired, the object to be observed will be centered in the field 
of the instrument, and the appropriate fine adjustment in telescope focus will 
be made. Once the object has been acquired, the data taking period will be 
initiated. During this interval, frames of data will be periodically read out 
of the instrument for transmission to ground. These frames result from 
integration (and storage) of the light energy from the object in the instrument 
camera tube. 

When maintenance is required, a manned Shuttle will rendezvous with 
the LST to service and repair the LST subsystems, Periodic checkout and 
ground control monitoring of the LST will identify failures and degraded 
components and will provide a basis for the maintenance plan and spares 
inventory for the flight. Maintenance will be performed with the LST docked 
to an airlock module extended from the payload bay to the Shuttle Orbiter. 
The maintenance crew will consist of at least two men in addition to the two- 
man Shuttle crew. 

B. Orbit Selection and Lifetime Analysis 

For a given LST design and a given set of objectives, the main elements 
that irduence orbital operations are the orbit, the orbital environment, oper- 
ational constraints, and target viewing opportunities. Complete knowledge of 
these factors allows development of typical operational concepts and sequences 
that can be used to measure performance and to perform tradeoffs of alter- 
native systems and operations. One of the first tasks in planning an earth 
orbital mission is the selection of the orbit which maximizes mission per- 
formance and simplifies subsystem design. Program constraints include the 
use of the Shuttle as the primary launch vehicle with the Titan 111 E/OAS as 
an alternate, use of Kennedy Space Center (KSC) as  the launch site, orbital 
accessibility by the Shuttle for maintenance or return, and minimum lifetime 
of 5 years. (The Titan ILII> is designated Titan IIIE when flown out of the 
Eastern Test Range with the OAS, the Integral, o r  the Centaur stage.) Mission 
performance parameters that a r e  a function of the orbital elements are: 

m- 5 



1. Payload capability. 

2. Orbit decay rate. 

3. Ground station contact time. 

4. Target visibility. 

5. Target viewing time. 

Orbital environments that affect subsystem design are: 

1. Trapped particle radiation. 

2. Magnetic fields. 

3. External disturbances. 

4. Micrometeoroid flux. 

5. Contamination. 

6. Stray light. 

A parametric orbit selection analysis was performed for the LST 
design study. Included in the analysis was the determination of minimum 
orbital altitude requirements for nominal mission conditions, lifetime and 
decay histories for the reference orbit, assessment of the effects of space- 
craft configuration and mass changes on orbital lifetime, Space Shuttle 
performance capabilities, tracking network coverage, and mission timelines. 

Consideration of all of the above performance and environmental 
parameters led to the selection of a circular orbit with an inclination of 
28.5 degrees and an initial altitude of 611 km (330 n. mi. ) . A quantitative 
summary of most of these-parameters and their sensitivities to change in 
altitude is given in Table 111-2. A circular orbit was selected because no 
significant benefits can be derived from any elliptical orbit that can be 
attained, given the capabilities of the Shuttle o r  Titan launch vehicle. An 
orbital inclination of 28.5 degrees attained with a due-east launch from KSC 
was selected for the following reasons: 
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1. Lower inclinations require yaw steering and a significant loss in 
payload capability. 

2. Higher inclinations quickly reduce the prime earth shadow viewing 
time. 

3. Most of the other Shuttle delivery missions that can be combined 
with LST maintenance visits a re  located in 28.5 degree orbits. 

The sensitivity of other performance parameters to inclinations between 
28.5 and 40 degrees is negligible. The most significant parameters involved 
in the selection of an orbital altitude (see Table 111-2) a re  (1) Titan payload 
capability, (2 )  orbital decay rate, and (3)  trapped particle radiation environ- 
ment. Payload capability and radiation environment make a low orbit desirable, 
whereas the decay rate makes a high orbit preferable. A good compromise 
occurs at an orbital altitude of 611 km. This selection was originally based 
on a 1978 launch date. The lower atmospheric density associated with the 
planned 1980 launch would enable an altitude reduction to approximately 556 
km (300 n. mi. ) if either a 181.5 kg (400 lb) increase in Titan payload capa- 
bility o r  a 30 percent reduction in radiation environment is required. LST 
performance degradation due to residual atmospheric elements may become a 
significant factor in final orbit selection when this effect is better understood. 
Possible significance of increased ground station contact time with increased 
altitude must await a more complete evaluation of orbital operations and the 
design of the data and communication system to determine current network 
utilization at 611 km. 

C. Launch  Vehic le Analysis 

1. Space Shuttle. The Space Shuttle was designated as  the design 
reference LST launch vehicle. Therefore, the result of the LST orbit selection 
had to be compatible with Space Shuttle performance capability. The Shuttle 
performance capability to low-earth orbit with and without the addition of 
OMS kits to the cargo bay is shown in Figure III-3. These data are for a 
04OC-2 orbiter-parallel burn, solid rocket motor launch assuming an OMS 
A V reserve of 15.2 m/sec ( 50 ft/sec) and were taken from the "Space Shuttle 
Performance Capabilities" document'. The Shuttle has the capability to 
deliver approximately 23 587 kg (52  000 lb) to the 611 km (330 n. mi.) 
design reference orbit with one OMS tank set added to the cargo bay. 

1. 
May 16, 1972. 

Space Shuttle Performance Capabilities, Revision 1 , MSC-04813, 
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A single OMS tank set requires 1.52 m ( 5 ft) of the 18.29 m 
(60 f t )  long cargo bay. The docking module which will be carried in the cargo 
bay on the LST delivery and maintenance flights requires 2.13 m ( 7  ft) of the 
cargo bay length and has a mass of 907.2 to 1360.8 kg (2000 to 3000 lb). A 
drawing of the Shuttle cargo bay configuration is shown in Volume V, Chapter 
VII. The Shuttle offers ample performance capability and payload cargo bay 
volume. 

2. Alternate Expendable Launch Vehicles. An alternative expendable 
launch vehicle comparison study was performed to select a backup LST launch 
vehicle. The study also identified the optimum ascent profile for obtaining 
the mission orbit with an expendable vehicle, defined operational timelines, 
and investigated ways of increasing vehicle performance. The following launch 
vehicles were considered (Fig. 111-4) : 

1. Titan IIIC. 

2. Titan IIIC IA. 

3. Titan IIIE/Centaur. 

4. Titan IIID/Agena. 

5. Titan IIIE/OAS. 

6. Titan IIID/Burner II. 

7. Titan IIIE/Integral. 

a. Shroud Considerations. Al l  of the configurations have the 
standard 17.1 m ( 5 6  ft) shroud except the Titan IIIC with the transtage inside 
the shroud (Configuration IA) . An additional 1 . 9  m ( 75 in. ) shroud section 
is required for this configuration. The Titan IIIE/Centaur ( Configuration 111) 
utilizes the standard Viking shroud but supports it on a new payload/shroud/ 
transtage adapter. This structure supports both the shroud and LST loads. 

For the purpose of this evaluation, the standard 17.1 m 
( 5 6  ft) shroud mass was taken to be 2371 kg (5226 lb) total. Of this, 2124 
kg (4673 lb) a re  dropped when the shroud jettisoned, and 251 kg (553 lb) , 
which is the shroud adapter mass, a r e  retained in orbit. 

111-1 0 
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b. Configuration Characteristics 

(1) Configuration I, Titan IIIC with Transtage. In this 
configuration, the shroud/payload/transtage adapter is attached at the top of the 
transtage. When the shroud separates, the adapter is carried with the LST 
payload into orbit. This adapter has a mass of 251 kg (553 lb). Beef-up of 
the transtage is required since i t  does not have sufficient strength to support 
the LST during boost. This beef-up imposes a 1406 kg (3100 lb) mass penalty 
(see Table 111-3). 

(2 )  Configuration IA, Titan IIIC with Transtage. This con- 
figuration is similar to Configuration I except that the shroud is attached to 
the aft end of the transtage. By enclosing the transtage, an extra 1 . 9  m 
( 7 5  in.) section has to be added to the shroud. This means that the spacecraft 
has been snubbed in the shroud, requiring 181 kg (400 lb) of snubbing structure 
and spacecraft beef-up. The extra shroud segment and shroud snubbing hard- 
ware require 284 kg ( 624 lb) . 

At the outset of this study, the Martin Company was 
contacted about the two transtage configurations (Configurations I and IA) . 
It was indicated that the transtage could not be strengthened sufficiently to 
carry the launch loads. It was established that Configuration I is not feasible 
on the basis of the recommendation from the Martin Company. 

( 3 )  Configuration 11, Titan IIIE/Centaur. Since the Centaur 
will not carry the loads imposed by the LST , (either during Titan burn or  
during its own burn), it  becomes necessary to provide a new interstage 
adapter (ISA) which serves to support the shroud, LST, and Centaur stage. 
After Core 11 separation, the structure above the adapter kick ring is retained 
so that the LST load is transmitted to the bottom of the Centaur; the structure 
below the kick ring is dropped. After Centaur burn is complete, the entire 
ISA is separated. The ISA has a mass of 2563 kg (5650 €b) and the interstage 
adapter below the kick ring has a mass of 454 kg (1000 lb) . 

The Centaur interstage adapter required is a unique 
and complex structural assembly. The adapter must include a conical external 
thrust structure including another separation system. This structure would be 
a sheet and stringer (with ring frames) design and would include the A-frame 
links and ring required to react the lateral loads from the Centaur. 

Since these structural items are new and untested, at 
least a minimum proof test would be required; however, the separation system 
will have to be completely tested. 
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(4) Configuration 111, Titan IIID/Agena. This configuration 
is identical to Configuration II except the Centaur has been replaced with the 
Agena. In this case the new ISA results in a 998 kg (2200 lb) penalty. At 
Core II separation, 272 kg (600 1b)of the ISA mass are dropped. Another 
703 kg (1550 lb) a r e  dropped at  separation of the Agena. 

The Agena interstage adapter is a unique and complex 
structural assembly. A new cylindrical interstage, including a separation 
system, would be required and an external thrust structure consisting of a 
concial shell, cylindrical shell, a kick ring at  their juncture, and a separation 
system at the forward end would also be required. 

Certain minor Agena modifications would be required 
to provide for the conical shell attachment. Since these structural items 
a re  new and untested, a minimum proof testing would be required and the 
separation system will have to be completely tested. 

(5) Configuration N, Titan IIIE/OAS. This configuration 
is the current reference. The Lockheed OAS supports the shroud and LST 
mass. No modifications a re  required to the shroud o r  OAS. 

(6)  Configuration V, Titan IIID/Burner 11. This configuration 
utilizes the Burner 11 in the same manner as the OAS. However, a new ISA 
will be required to carry the LST loads to the Core 11. The ISA has a mass of 
438 kg (965 lb) and 136.1 kg (300 lb) of LST modification a r e  required. 

A new Burner I1 structural assembly including two 
separation systems is required to attach the LST, shroud, and Burner I1 to 
the Titan Stage 11. This structure would be of sheet and stringer (with ring 
frames) design, with the Burner II attached by a link mechanism. Since these 
structural items are  new and untested, at least minimum proof testing would 
be required; however, the separation systems will have to be completely 
tested. This structure would be less complex than either the Centaur or  
Agena structures. 

( 7 )  Configuration VI, Titan IIIE/Integral. In this configura- 
tion, the orbit adjust stage is integrated with the SSM of the LST. After 
separation of the Core II, the engine is separated, exposing the docking port. 
No modification is required to the shroud. The integral RCS hardware adds 
697 (1536 lb) to the reference SSM structure. 
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Table III-3 establish& the distribution of the modification 
mass and also indicates which mass is dropped during staging and which mass 
remains with the LST as it is boosted into orbit. The latter must be subtracted 
from the gross payload capability to obtain the net payload capability. 

c. Performance. The operations and performance capabilities 
of each of these launch vehicles a re  based on the latest launch vehicle charac- 
teristics given in References 111-1 and 111-2. 

There are  two general types of Titan launch vehicles considered 
for this study. These are  launch vehicles flown with either open o r  closed 
loop guidance. For this study, the OAS and the Integral a r e  flown to parking 
orbit on the Titan IIIE. The Titan IIIE is flown open loop with three sigma 
dispersion [ III-21. The nominal parking orbit assumed a 232 by 445 km 
(125 by 240 n. mi.) ellipse with the OAS or  the Integral stage making three 
burns to achieve the 611 km (330 n. mi.) mission orbit. 

For the Titan IIIE/Burner 11, the Titan IIIE is assumed to fly 
closed-loop and inject the Burner I1 into a 185 by 611 km (100 by 330 n. mi. ) 
parking ellipse. The Burner I1 can make only one burn, which is made at a 
611 km (330 n. mi.) apogee, to circularize into the mission orbit. It was 
assumed that all the other vehicles considered were flown closed loop and 
injected into a 185 by 611 km (100 by 330 n. mi. ) parking orbit, coasted to 
a 611 km (330 n. mi. ) apogee, upper stage restarted and circularized into 
the mission orbit. 

The launch vehicle payload capability versus the perigee 
altitude is shown in Figure 111-5. Note that the payload capability decreases 
as the altitude increases. These two launch vehicle configurations ( IIIE/OAS 
and IIIC-IA) a re  typical launch vehicles used in the LST launch vehicle trade 
study. The IIIE/OAS is a typical configuration flown with open loop guidance 
and the IIIC/IA is a typical launch vehicle flown with closed loop guidance. 
The desired parking orbit is one having the lowest perigee altitude and a 
sufficient orbital lifetime that would cause no heating problems for the payload 
while it waits in orbit. 

The lifetimes of various orbits having perigee altitudes in the 
range of 148 to 296 km ( 80 to 160 n. mi. ) are given in Table III-4. It is shown 
that an orbit 148 by 611 km (180 by 330 n. mi. ) has a lifetime of 3.1 days. 
This orbital lifetime is sufficient to allow for orbit adjustment to reach the 
LST mission orbit. 
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The IIIE/OAS payload capability for a 611 km (330 n. mi. ) 
circular orbit is given in Table 111-5. The OAS is flown on the Titan IIIE open 
loop with three sigma dispersion to parking orbit. For details on IIIE open 
loop dispersion see Reference III-2. The OAS is required to make three burns 
to adjust the LST into the final orbit, Three nominal orbit injections - 232 by 
491 km (125 by 265 n.mi.), 232 by 546 km (125 by 295 n.mi.), and 232 by 
445 km (125 by 240 n.mi.) - are given in this table. Because of the IIIE 
dispersions [III-21, i t  is possible for the IIIE to inject the OAS into one of the 
orbits associated with its nominal given in the table instead of the nominal 
orbit. Based on the lifetime data, performance data, and dispersion data, 
the preferred parking orbit for the Titan IIIE/OAS is through a 232- by 445-km 
(125 by 240 n. mi, ) orbit. For this parking orbit, the IIIE/OAS could put 
9701 kg (21  386 lb) into a 611 km (330 n. mi. ) circular orbit. 

TABLE 111-4. ORBITAL LIFETIME FOR 28.5 DEGREE 
INCLINATION WITH LAUNCH DATE OF JUNE 1, 1980 

Orbit [km (n.mi.) I 

148 x 611 (80 x 330) 

148  X 667 (80 X 360) 

195  X 583 (105  X 315) 

232 X 491 (125  X 265) 

232 X 546 (125  X 295) 

259 X 463 (140 X 250) 

269 x 391 (145  x 215) 

269 x 454 (145  x 245) 

296 X 370 (160 X 200) 

Approximate Lifetime (Days) 

3.1 

3.6 

12.9 

19.1 

24.8 

27.3 

20.9 

30.3 

25.5 
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Payload comparisons for the Titan IIIE/OAS, the Titan 
IIIE/Integral, the Titan IIID/Burner 11, the Titan IIIE/Centaur, the Titan 
IIIE/Agena, the Titan IIIC, and the Titan IIIC-LA are given in Figure 111-6. 
They are  compared for circular orbits in the altitude range of 370 to 741 
km (200 to 400 n. mi. ) . For each of the vehicles listed, the shroud was 
dropped at 280.5 sec after lift-off, the Q max was less  than 4394 kg/m2 
(900 psf) , and the integral of Qvt (aerodynamic heating indicator) was less  
than 4.549 x l o 9  N-m/m2 (95  000 ft-lb/ft2) 

TABLE III-5. TITAN IIIE/OAS VEHICLE PERFORMANCE 
FOR FINAL ORBIT OF 611 km (330 n. mi. ) 

Trans fer Orbit 

km 

232 X 491a 
b 

L48X 611 
b 

269 X 472 

232 X 546a 
b 

b 
148 x 667 

269 X 454 

232 x 445a 
b 

1 4 8 x  565 
b 

269 x 352 

n. mi. 

125 X 265 

80 x 330 

145 x 255 

125 x 295 

80 X 360 

145x 245 

125 X 240 

80 X 305 

145 x 190 

Payload 

97 86 

9838 

9697 

9783 

9661 

9695 

9828 

9 883 

9701 

lb 

21 575 

21 690 

21 379 

21 569 

21 29E 

21 375 

21 66€ 

21 790 

21 38E 

a. Titan IIIE nominal injected orbit. 

b. Titan IIIE off-nominal three sigma dispersion orbit. 
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For each launch vehicle listed in the LST trade study a flight 
profile schematic and a general timeline was prepared (Figures 7 through 
10 are  examples). Flight profile schematic shows a flight profile and events 
sequence for the launch vehicle from lift-off to mission objective. The general 
timeline describes the events, time required, the delta velocity required to 
perform the event shown on the flight profile schematic, and the total time 
required of the launch vehicle from lift-off to injection into the mission orbit. 

Table 111-6 is a summary of the vehicle operating character- 
istics. It gives a comparison of the operations, propulsion, performance, 
and payload capabilities. It is shown that Burner 11 has only one burn capa- 
bility; from an operational standpoint, this is a disadvantage. A good guidance 
capability would be required for the IIIE to insure injection of the Burner I1 into 
the proper transfer orbit. If the IIIE did not achieve the proper transfer orbit, 
there wou,ld be no way for the Burner - 11 to inject the LST into the mission orbit. 

The OAS and the Integral both have low thrust and must be over 
a tracking station when the 611 km (330 n. mi. ) injection burn is made. A long 
burn time is required to adjust the payload to the proper orbit because the 
thrust is low. The OAS and the Integral a re  required to make three burns before 
achieving LST mission orbit. About 21 hours of phasing time a re  required. 
The Centaur has a lifetime of 0.5  hour, This means that after 0.5 hour, the 
restarting of the Centaur stage cannot be relied upon. The lifetime is sufficient 
for the LST mission, but for other future missions the 0.5 hour lifetime would 
not be sufficient. 

d. Payload Characteristics Summary. A comparison of the launch 
vehicle payload capabilities is given in Table 111- 7. The payload characteristics 
a re  given in Table 111-8. Gross payload is the total mass which the launch 
vehicle (including kick stage) can boost to orbit. However, all of this perfor- 
mance is not available as payload; the mass which remains with the LST on 
orbit must be subtracted. The result is the net payload capability available 
to be used for LST design. The contingency is computed on the basis of the 
net payload capability and the reference LST mass. 

A contingency was not computed for the integral configuration 
since a baseline mass was not established for the integral configuration. It 
is felt that a 20 percent contingency is required at this point in time in the 
program, due to softness of these early numbers and the normal mass growth 
trend experienced in past programs. 
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e. Cost Considerations. In making the cost trades, only the 
Titan IIIC and Titan IIIE o r  IUD launch vehicles were considered. Five 
different final stages were used with the Titan IIIE or  Titan IIID and only the 
transtage was used with Titan IIIC vehicle. The final stage, final stage adapter, 
and the final stage launch services a re  the primary causes of the cost differ- 
ences in the five options. The final stage adapters were costed using in-house 
CERs which were developed for the final stage adapters from historical pro- 
grammatic data. The Centaur, Agena, and Burner 11 stages and final stage 
launch services cost data were taken from the "NASA Launch Vehicle & Pro- 
pulsion Program Handbook" published by Office of Space Science Applications. 
The OAS and Integral final stage cost data, along with the Titan IIIC and 
Titan IIID launch vehicles, booster modification and integration, payload 
adapter, payload fairing, and launch services were furnished by Martin 
Marietta Corporation. Martin made the assumption that the cost of integrating 
the integral final stage to the support systems module (SSM) would be included 
in the overall SSM integration effort. No costs were included for modification 
o r  for a new guidance package for the Titan IIIE or  IIID o r  final stage. Also, 
no costs were included for launch facilities modification. All cost data were 
normalized to 1972 dollars and do not include contractor fee. A summary 
of the cost data is given in Table IU-9. Subsequent to this analysis, the 
cost of the IIIE/OAS has increased somewhat, and the differences between 
it and the IIIC have become smaller. MSFC has now selected the Titan IIIC 
rather than the IIIE/OAS as  the HEAO launch vehicle. 

f. Conclusions. Table 111-10 is an overall summary of the key 
characteristics and feasibility of each configuration. Further study must be 
performed, particularly in the areas of programmatic considerations, 
facilities impacts, etc. Although the integral approach is slightly cheaper, 
i t  may have more cost risk associated with it since it is less off-the-shelf 
than the other two. Also, since the Shuttle is the primary launch vehicle, 
the IIIC and IIIE/OAS provide more flexibility to adapt from the primary 
to the backup launch vehicle with less  impact on the ba@c LST design, since 
they are nonintegral. Commonality with the HEAO launch vehicle offers 
cost and other advantages, and should weigh heavily in the decision. 

From a performance point of view, the Titan IIIC-LA (with 
transtage) has many advantages and is quite attractive as a backup launch 
vehicle for the LST mission. It has an excellent guidance system, multiple 
restart capability, long stage lifetime, no requirement for ground tracking, 
medium thrust, high I and good performance, and it is a potential candi- 

date for other future missions. 
SP' 
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Since the current HEAO launch vehicle at the time of this 
study was the Titan IIIE/OAS, it was selected as the backup launch vehicle 
for the LST. The HEAO project now utilizes the Titan IIIC rather than the 
IIIE/OAS, hence, reassessment of the LST trades between these two should 
be made at a later date if it is desirable to retain the Titan backup launch. 

D. On-Orbi t  Operations 

1. Source Viewing Requirements. Source viewing requirements for 
the LST a re  presented in Table 111-11. These activities a re  separated into 
two major categories of observation, ultraviolet (UV) and infrared (IR) , each 
of which is further divided into subcategories of galactic faint, galactic bright, 
and extragalactic source observations. Bright sources will be observed for 
periods of time considerably less  than those of faint sourcesr For example, 
viewing times for bright UV sources will be between a few seconds and 30 
min each, while the viewing time for faint UV sources will be between 1 and 
10  hours per source. 

It is noted that the heading "Number of Sources per PI'' refers to 
the approximate number of sources a principal investigator (PI) will want to 
observe before he relinquishes use of the telescope to another investigator. 

2. Orbital Environment. The environment in the selected orbit 
is reviewed here to ascertain possible impacts on operational concepts. 

a. Trapped Particle Radiation. The effects of trapped particle 
radiation on the operation of LST image tubes a re  of major concern for two 
reasons. The first potential problem is that passage through the heavy 
concentration of particles in the South Atlantic anomaly (SAA) may cause 
real-time degradation of the image stored on the tube faceplate. Second, 
the accumulated dosage over many orbits may permanently damage the tube 
o r  associated electronics. Calculations made at Princeton have predicted 
that the proton dose rate averaged over several orbits is 2 x l o 6  protons/cm2 
per day, assuming aluminum skin thickness of 3 . 5  mm and an orbital altitude 
of 611 km (330 n. mi. ) , 28.5 degree inclination. Tests indicate that, if the 
photocathode is turned off during the South Atlantic anomaly portion of the 
orbit, a substantial reduction in tube background can be achieved. Further 
tests under a typical orbital environment indicate that there should be no 
problem with storing an image during the pass through the anomaly. 
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b. Magnetic Field. Another environmental concern is that 
magnetic field variations within the SIP will cause unwanted deflection of the 
electron beam during data readout of the image tube. Magnetic field gener- 
ators include the earth, the momentum desaturation electromagnets, and 
adjacent tubes. With the electromagnets located on the telescope meteoroid 
shield (reference design) , their field strength at the instruments is negligible 
with respect to the earth' s field (0.23 to 0.35 gauss). The worst possible 
variation in the earth' s field would occur if the LST were maneuvering to 
a new object during tube readout. This could result in a change of approx- 
imately 1.57 radians (90  degrees) in the flux vector during the scanning 
process. Inhibiting maneuvers during readout would have a significant 
operational impact. The amount of magnetic shielding required to prevent 
this restriction needs to be determined as soon as the scanning beam character- 
istics a re  defined. The effect of fields generated by adjacent tubes is a 
function o€ detail tube design and relative location. If this is shown to be signi- 
ficant in later analysis, the process of turning the focus coils of adjacent 
tubes on and off can be inhibited during data readout without restricting 
operations. 

c. External Disturbances. The only significant external dis- 
turbance results from gravity gradient torques, which produce both a cyclic 
and a secular component of momentum. The cyclic component sizes the CMGs 
and thereby affects the amount of dynamic noise generated. The secular 
component sizes the magnetic desaturation system and determines the surround- 
ing magnetic field strength. With the magnets located on the meteoroid shield, 
there is no direct operational impact resulting from the control of external 
disturbances. Continuous operation of the desaturation system can result 
in either smaller CMGs (less noise) or  more momentum available for 
maneuvering to the next stellar object. 

d. Micrometeoroid Flux. The basic LST structure will be 
designed to a low probability of micrometeoroid penetration over the duration 
of the mission. Analysis of micrometeoroids entering the telescope aperture 
indicates that about 2300 (meteoroid model NASA-SP-8013) can be expected 
to strike the primary mirror during a 5 year mission. Their mass varies 
from to gram. Even if they a re  all the largest size and produce a 
pit 1 0  times bigger than their cross-sectional area, only 0.03 percent of 
the reflecting area would be damaged. Thus, micrometeoroid environment 
will not impact operations. 
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e. Contamination. The LST contamination environment during 
orbital operations is of major concern. For several days after orbit insertion, 
o r  after an orbital maintenance visit, special procedures will be required in 
order to minimize contamination of sensitive surfaces. After outgassing 
rates have been reduced and contaminants dispersed, normal operation 
should not be influenced by contamination considerations. At 611 km (330 
n. mi. ) the residual atmosphere will disperse particles. Skylab study results, 
scaled for the change in density at the LST altitude and launch dates, indicate 
worst-case clearing times of 6 min for 1 pm particles and 5 hours for 50 pm 
particles. Orbital regression and atmospheric rotation will prevent buildup 
of contamination on successive orbits. The only contamination threat encoun- 
tered during orbital operations is possible chemical or  physical reactions of 
imfiacting (-7 km per/sec) atmospheric elements on the mirror surface. This 
is dpt expected to be a major problem because: 

1. The mirror coating (MgF2) is fairly stable. 

2. 
interplanetary o r  reentry missions. 

The velocities a re  much lower than experienced by 

3.  The aperture points along the velocity vector only 
a small part of the time due to earth shine constraints and the distribution of 
stellar objects. 

f. Stray Light. The only environment that can produce stray 
light is secondary photon emission of ionized oxygen and hydrogen when they 
recombine with free electrons. However, this is not expected to be a problem 
since most of the emission lines and bands occur at  wavelengths to which the 
LST instrumentation is insensitive. Another source of concern is sunlight 
reflection off contamination elements; however, relatively clean LST systems 
and fast particle clearing times should produce negligible contamination in 
this vicinity. All  other stray light sources a re  discussed in the following sec- 
tion. 

3. op erational Constraints 

a. General. Planning LST astronomy observations requires 
a complete understanding of the operational constraints, their performance 
sensitivity, and their design impact sensitivity. Some of the limitations to 
unrestricted LST operation include: 
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1. 

2. 

3. 

4. 

5. 

6. 

Viewing constraints. 

Light shield and solar panel orientation constraints. 

Spectrograph slit orientation requirements. 

Spacecraft maneuver rate capability. 

Data integration limitations. 

Data storage and transmission capability. 

Each of these limitations is discussed in this section. 

b. Viewing Constraints. A stellar viewing constraint is the 
condition that exists when a specific instrument can no longer see a specific 
stellar object. Since the characteristics of both the targets and the instru- 
ments vary over a wide range, the only firm viewing constraints a re  that the LST 
not look directly at the sun, at the moon, o r  through the earth 's  atmosphere. 
Looking progressively closer to these bodies increases the amount of unwanted 
stray light reaching the detector. This limits faint object detectability and 
increases the required integration time to obtain a desired photometric accu- 
racy. A throughput analysis is required to determine true viewing constraints 
for a given stellar object and a given instrument. For planning purposes, 
pseudoviewing constraints are established at the point where there is an 
abrupt increase in stray light at the LST focal plane. These constraints have 
very recently been defined by a stray light supression study. Many of the 
results presented herein were generated using previously assumed constraints. 
A comparison of the constraints established by this study for two different 
truncation angles of the light shield a re  shown in Table 111-12. 

A s  the LST line of sight (LOS) approaches the sun, there is 
an abrupt increase in stray light at the detector when sunlight enters the tube 
and another increase when it strikes the secondary mirror support. For a 
truncated sunshade with the apex oriented toward the sun, the primary sun- 
viewing constraint is equal to the truncation angle. The fraction of the celestial 
sphere, r, within a cone of radius 8 is 

r = 1/2 (1 - cos$) . 

2. W. G. Tifft and B. B. Fannin, Stray Light Suppression Study for Largespace 
Telescope, Midterm Progress Report, University of Arizona, June 1, 1972. 

III- 3 5 



For a 0.79 radian (45 degree) sunshade, 14.7 percent is excluded at one 
time, with any one stellar object excluded for a maximum of 3 months. For 
a 0.51 radian (30 degree) sunshade, the values reduce to 60 7 percent and 2 
months, respectively. For short exposure times, objects can be viewed 
at angles up to 0.09 radian ( 5  degrees) from the sun LOS by using the earth 
limb as a shield. The small improvement in operational flexibility associated 
with a 0.51 radian (30 degree) sunshade does not appear to be worth any 
significant design penalty, e. g. , a folding shade apex. The orbit periphery 
of the inner two planets (Mercury and Venus) are 0.40 radian (23 degrees) 
and 0.80 radian (46 degrees), respectively, from the sun. For the 0.77 
radian sunshade, viewing of Mercury is limited to approximately 4 min per 
orbit just before sunrise. The adequacy of this duration requires a system 
throughout analysis. Stray light reflected by the bright earth will limit the 
observation of certain faint sources. 

TABLE 111-12. VIEWING CONSTRAINTS 

Body 

SUn 

Moon 

Earth (Bright Side) 

Earth (Dark Side) 

Constraint (Relative to Light Shield Apex) 

A moon-viewing constraint of 0.18 radian (&lo degrees) is 
contingent upon obtaining an adequate nonreflecting surface on the secondary 
mirror structure. This presents less than 1 percent of the celestial sphere 
at one time. Also, since the moon has an orbital period of 27.3 days, it  
excludes a given object for a maximum of 1.5 days. The stray light from the 
full moon, although less than l o w 5  as bright as the sun, can, in certain situa- 
tions, impact the observation of a source. 

111- 3 6 



The earth' s sensible atmosphere and a i r  glow extend to an 
altitude of approximately 185 km (100 n. mi. ) , o r  approximately 0.09 radian 
( 5  degrees) above the earth' s limb when viewed from the LST orbit. This is 
the earth-viewing constraint on the dark side of the orbit for all stellar objects 
and, possibly, on the light side of the orbit for very bright objects. For 
other than very bright objects, a practical light-side viewing constraint is 
that there be no specular reflection of earth shine off the inside of the sun- 
shade into the telescope tube [ 0.79 radian, -1.57 radian (+45 degrees, -90 
degrees)]. Including 0.09 radian ( 5  degrees) for earth air glow, the light- 
side viewing constraint is 0.87 radian (50 degrees) for the shade directly 
toward the earth limb and 1.66 radian (95 degrees) for the shade directly 
away. During light-side viewing there is a conflict between orienting the 
shade toward the sun and toward the earth. The optimum viewing time may 
be achieved by an intermediate orientation without violating solar panel 
orientation constraints, For intermediate orientations, the viewing constraint, 
y ,  is defined by the expression 

y = 50 + cot-' (cos 9 /tan 45") for -90" < # < 90" 

y = 95" for -90" < # < 90" 
(2)  

where # is the roll angle of the vector to the closest earth limb measured 
from the sunshade apex. 

C. Light Shield and Solar Panel Orientation Constraints. For 
observations while in the earth shadow, there a re  no constraints on the orien- 
tation of either the light shield o r  the solar panels. During light-side 
operation, the solar panels should be directed at the sun and the light shield 
oriented to produce maximum viewing time. The maximum viewing time 
occurs when the light shield is oriented toward the earth a s  much a s  possible 
without violating the solar viewing constraint. Considering the earth viewing 
constraints and worst-case conditions of 0.91 radian ( 52 degree) angle 
between the sun and the orbit plane, object declination of 0.33 radian (19 
degrees) , and the same right ascension as the sun, the largest roll angle 
required in order to optimize viewing time is 1.22 radians ( 70 degrees). 
For single-degree-of-freedom solar panels this would result in 0.47 radian 
(27  degree) incidence angle on the solar panels. This reduces the power 
generation rate to approximately 45 percent of maximum. For the average 
sun/orbit plane relationship, this increases to approximately 97 percent. 
The constraint on reduced power generation is usually a battery life constraint 
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associated with the number of cycles below a certain percent discharge. 
It appears that the reduction in predicted battery life associated with obtain- 
ing near-optimum viewing orientations is well within the uncertainty of the 
prediction and, thus, should not significantly restrict operations. 

d. Spectrograph Slit Orientation Requirements. Sqveral of the 
scientific objectives require specific spectrograph slit orientation in order 
to obtain the desired polarization effects or to position the slit to obtain only 
the desired portion of a diffuse object. The options available to meet this 
requirement a re  (1) rotatation of the instrument, (2 )  rotation of the vehicle 
and acceptance of the power loss, (3)  scheduling of the objects in the two 
periods each year when the vehicle can be rotated without excessive power 
loss, or  (4) addition of a degree of freedom to the solar panel orientation 
system. At  this point in the analysis a combination of ( 2 )  and (3 )  appears 
to be operationally feasible and is the design reference approach. For the 
optimum orientation of one-degree-of-freedom solar panels, the power 
generating efficiency is shown in Figure III-11. For a mean object location 
of 1.02  radians ( 6 0  degrees) from the sunline, and a mean slit rotation 0.79 
radian (45 degrees) from optimum, the power generating efficiency is 79 
percent. If the number of observations requiring specific slit orientations 
are not a large portion of the total, specific scheduling may not be required. 
For the worst-case (+  = 6, = 90 degrees), a i month scheduling delay will 
provide 50 percent generating efficiency. 

e. Spacecraft Maneuver Rate Capability. The efficient utilization 
of the telescope requires the capability of maneuvering to a new object in a 
relatively small portion of the 97 min orbital period. The stated astronomical 
goal is 1 . 5 7  radians (90 degrees) in 5 min. Figure 111-12 shows the 1 . 5 7  
radian (90 degree) maneuver times as a function of momentum and torque 
available from the CMGs for performing maneuvers. This shows a diminishing 
return for momentums greater than 408 joule-see ( 3 0  ft-lb-sec) and torques 
greater than 2 . 7 1  N-m ( 2  ft-lb) . Current design concepts are  capable of 
providing this output for maneuvering. A system designed for 1 . 5 7  radians 
(90 degrees) in 5 rnin would be much more massive, require more electrical 
power, and generate more vibration noise. For this system, two 1 . 5 7  
radian (90  degree) maneuvers per orbit involve only 23 percent of the orbit 
period, and often one maneuver can be accomplished during the nonviewing 
time, i. e., when object occultation occurs or  a viewing constraint is exceeded. 
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f. Data Integration Limitations. Observation of very faint 
objects will require long integration times. A preliminary SEC-type image 
tube development specification calls for the capability to integrate for 10 
hours and retain the image for an indefinite period prior to readout. The 
actual integration time required for a given object and a given instrument 
requires a throughput analysis of the signal and all the noise (stray light, 
dark current, etc.) sources. Viewing of faint objects may be restricted to 
the shadow portion of the orbit, which varies from 27 to 35 min. In this 
case a 10  hour exposure will require about 20 orbits and a lapse time of 
about 30 hours. The image accumulated each orbit will either have to be 
integrated external to the tube (if the readout noise is l o x  enough to permit 
this approach) or, if integrated on the tube, the object will have to be re- 
acquired within the stability tolerance of 0.024 microradian (0.005 arc- 
sec) . Tube integration is the design reference approach and the reacquisition 
tolerance prevents any mechanical movement of the guide s tar  sensors on 
the bright side of the orbit. 

g. Scientific Data Storage and Transmission Capability. Two 
approaches to data storage and transmission are  (1) tube storage and direct 
readout to the ground, and ( 2 )  onboard buffer storage prior to transmission. 
The first approach is the current design reference. It results in the simplest 
design but restricts operational flexibility. Each image tube can be used only 
once between ground station contacts, which for the proposed 6-station set 
can be as long as 90 min. The average contact time per station per revolution 
is approximately 12 min. Allowing 2 min for acquisition means that only 10 
min are  available for data transmission. For direct readout to ground, the 
tube readout beam scan time must be compatible with this 1 0  min period. 

h. Observation Scheduling. To maximize the efficient utilization 
of the LST, various factors must be considered in the scheduling of sources 
for observation. These factors have been examined from a mission operations 
point of view with the objectives of determining the times when certain areas 
of the sky will be accessible for viewing and maximizing the length of time 
the sources within these areas can be observed by the telescope. 

(1) Source Accessibility. The accessibility of certain 
sources to the telescope is determined by their relative loaction to the sun 
and moon, which are, in turn, dependent on specific times within a year. 
A s  the earth moves around the sun, the projections of the sun on the celestial 
sphere correspondingly move around the celestial sphere in a path described 
by the ecliptic plane (Fig. III-13). A s  the moon moves around the earth, 
its projection on the celestial sphere moves around the celestial sphere 
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correspondingly in the lunar plane. Sources which are located within 4 5  and 
1 5  degrees from the center of the solar and lunar projections on the celestial 
sphere, respectively, cannot be observed. Thus the time of year is a prime 
factor which should be considered in the scheduling of various sources. This 
fact is illustrated in Figures 111-14, 111-15, 111-16, and 111-17. Figure 111-14 
shows the celestial sphere for the date March 21, 1978 (vernal equinox). 
Clearly from these data, one would not schedule sources whose right ascen- 
tion and declination fal l  within either of these avoidance cones. A similar 
conclusion can be drawn from Figures III-15, 111-16, and 111-17 which show 
the solar and approximate lunar avoidance cones for the dates June 21, 1978 
(summer solstice), September 21, 1978 (autumnal equinox), and December 
21, 1978 (winter solstice), respectively. 

N E. P. 

Figure 111-13. Solar projection on celestial sphere. 
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(2)  Maximization of Observation Time. The question of 
how the observation times of sources located outside the solar and lunar 
avoidance cones can be maximized is one of prime consideration. The answer 
to this question can best be presented by the first separating sources accord- 
ing to their repective magnitudes. The magnitude of a source determines 
what orbital lighting conditions will allow it to be viewed. Consider, for 
example, the estimated faint object limits for the LST presented in Figure 
111-18. First this figure shows that 26.5 to 29th magnitude sources can 
only be viewed during the time the spaceciaft is inside the dark portion of 
the orbit. On the other hand, a ninth magnitude source can be viewed during 
the time the spacecraft is on either the illuminated o r  dark side of the orbit. 

29 DARK SIDE EARTH, NO MOON 

26.5 DARK SIDE EARTH, MOON SHINING I N  TUBE 

24 

BRIGHT SIDE EARTH, NO SUN/EARTH LIGHT I N  TUBE 

21.5 

19 
BRIGHT SIDE EARTH, SUNEARTH LIGHT I N  TUBE 

16.5 

14 

11.5 

BRIGHT SIDE EARTH, SUNEARTH LIGHT SHINING I N  TUBE, NO BAFFLES 9 

CONDITIONS: NO CONTAMINATION ON SURFACE OF OPTICS; NO PROBLEM FROM PARTICLE 

CONTAMINATION: FIGURES ARE "BEST GUESS" ESTIMATES 

Figure III-18. Estimated faint object observation 
constraints for LST (see footnote 2). 
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The observation time of those sources which are  con- 
strained to being observed by the spacecraft only during the time the space- 
craft is inside the shadow portion of its orbit can be increased tremendously 
if the sources a re  chosen such that a s  many of their environmental and obser- 
vational constraints occur concurrently on the illuminated side of the orbit. 

One environmental and two viewing constraints have 
been identified which should be considered in the maximization of observation 
time. First, there is the moon. Sunlight reflected by the moon, although 
less than as bright as the sun, detracts from the period of time a source 
can be observed during the time the spacecraft is in the dark portion of i ts  
orbit. The second constraint is more of an implied one; that is, if a source 
is observable only during the time the spacecraft is in the dark portion of 
the orbit, it  cannot efficiently be observed during the time the spacecraft 
is on the illuminated side of the orbit. The principal stray. light source for 
this constraint is light from the bright earth, which is about one-fifth as 
intense as  that of the sun. The third constraint is the South Atlantic anomaly 
which may have an effect on those instruments which use photomultipler 
tubes. When these three constraints exist concurrently outside the shadow 
portion of their respective orbits, a source can be observed during the full 
dark portion of the spacecraft' s orbit. The meaning of this is enhanced by 
Figure 111-19 which contrasts the existence and nonexistence of this condition 
for a coplanar source which can only be efficiently observed during the time 
the spacecraft is in the dark portion of its orbit. Example number one in 
this figure illustrates how the observation of this source has been maximized 
by choosing it such that, when it is occulted, the spacecraft, moon,, and 
South Atlantic anomaly are in the illuminated portions of their ofiits. From 
this example, i t  is clear that the spacecraft can view the source under obser- 
vation during the entire time it is in the dark portion (spacecraft) of the orbit. 
Example number 2 shows a situation where a source cannot be observed 
during any portion of the spacecraft' s orbit, because the source is occulted 
for approximately one-half of the dark portion of the spacecraft' s orbit and 
would require the spacecraft to be inside the South Atlantic anomaly during 
the remaining portion of the orbit in order to make observations on the 
source. Example number 3 shows a more improvedsituation in that the source 
is observable during the latter dark portion of the spacecraft' s orbit. 

A projection of this favorable condition as  it would 
appear looking from the earth on a rollout of the celestial sphere is shown 
by Figure 111-20. The frequency of this favorable condition and the frequency 
of this favorable condition and the frequency of occurance of lesser degrees of 
favorability a re  shown in Figure m-21. More specifically this figure shows 
that the total absolute time the spacecraft will be in the dark portion of its 
orbit will be about 116 days during a single year. This is without regard 
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to when the moon and South Atlantic anomaly are located within their respective 
orbits. In addition, this chart also shows that the moon will be in the illumi- 
nated portion of its orbit while the spacecraft is in the dark portion of its 
respective orbit for approximately 77 days per year. This is without regard 
to the relative location of the South Atlantic anomaly. The figure also shows 
that the South Atlantic anomaly and spacecraft will be in the illuminated and 
dark portions of their respective orbits for an absolute time of approximately 
58 days per year. This is without regard to the relative location of the moon. 
Lastly, the figure shows that the South Atlantic anomaly and moon will con- 
currently be in the illuminated portion of their orbits while the spacecraft 
is in the dark portion of its orbit for approximately 39 days per year in 
absolute time, This is of course the most favorable condition. 

For those sources which can be observed during the time 
the spacecraft is in the illuminated portion of the orbit, source observation 
time can be maximized if the constraints associated with their observation 
occur concurrently at their farthest point away from the source. Figure III-22 
illustrates this by showing that for various sunshade truncation angles, the 
length of time a source can be viewed increases as its distance from the sun 
increases. A discussion of the sunshade selection and design is presented 
in Chaper IV of this volume. 

In summary, it is valid to state that maximum source 
observation time conditions exist for a source constrained to being observed 
only when the spacecraft is in the dark portion of the orbit when the South 
Atlantic anomaly and moon are  located on the illuminated side of the orbit 
and the source ' s location is such that it can be viewed during the entire dark 
portion of the spacecraft's orbit. It is also valid to state that maximum 
source observation time conditions exist for sources not constrained to being 
observed only when the spacecraft is in the dark portion of the orbit, when 
the South Atlantic anomaly and sun exist concurrently at their farthest points 
away from the source under observation. If follows from this that in both 
cases source observation time can generally be enhanced if the source is 
located over the dark portion of the spacecraft's orbit. 

4. Stellar Viewing Opportunities 

a. General Viewing Opportunities. Viewing opportunities a re  
considered in two distinct categories, which should not be confused: 
visibility - when can a stellar object be seen without violating constraints? 
and ( 2) viewing time - how long can a stellar object be seen without interrup- 
tion? In addition to general viewing opportunities, viewing while in the earth 
shadow and two-object viewing are  of prime importance for the LST. Object 
viewing time, measured in degrees of orbit travel in each direction from the 
object longitude, is given by the expression 

(1) 
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where r is the earth' s radius, r is the orbit' s radius, y is the viewing con- 

straint relative to the earth limb, and C is the object declination measured 
from the orbit plane. For the LST orbit and y = 0.09 radian ( 5  degrees), 
f3 is given by cos-* (-0.326/cosC ) . This is the half angle viewing time, 
not considering constraints from earth shine stray light, and is shown in 
Figure 111-23 as  time contours on a stellar background. This shows that 
unconstrained viewing times do not change appreciably with object declination 
until the object approaches the orbit pole. Considering stray light, the viewing 
constraints vary with light shield orientation and brightness of the earth limb 
closest to the line of sight. The viewing constraint near the terminator is 
uncertain; however, approximate cons trained viewing angles a re  shown in 
Figure 111-24 for the sun and objects located in the orbit plane. 

e 0 

0 

Figure 111-23. Unconstrained stellar viewing time. 
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Object Location From E T t h S u n  Line, radians 

200 

160 

120 

80 

40 

0 

Object Location From EarthSun Line, degrees 

Figure 111-24. Constrained viewing time. 

b. Earth Shadow Viewing. At this time, stellar viewing while 
in the earth' s shadow is considered to be the prime viewing time. This opinion 
is based primarily on the assumption that much less  stray light reaches the 
detector when operating in the earth' s shadow, even if  none of the light-side 
viewing constraints a r e  exceeded. More detailed stray light analysis may 
permit less restrictive viewing of faint objects, e. g. , in the antisolar hemis- 
phere. Additional advantages of shadow viewing are that there a re  no complex 
viewing constraints that a r e  a function of light shield orientation, and there 
are no roll attitude constraints for power generation. For the LST orbit, 
the shadow viewing time varies from 35 to 27 min, depending on the angle, 
0, between the sunline and the orbit plane. Object limits for 100 percent 
shadow visibility, in terms of orbital longitude, a! 

are  defined by the expression 
from the midshadow point, 

0' 

O! = e -  9 (4) 0 

where 8 is defined by equation (3)  and 9 is the half shadow angle defined by 
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Figure 111-25 shows these object visibility limits for shadow viewing trans- 
formed to celestial coordinates. These data were generated for an earth- 
viewing constraint of 0.26 radian (15 degrees) and was assumed to be indepen- 
dent of lighting conditions. Figures 111-26, 111-27, and 111-28 illustrate the effect 
of orbital procession and sun motion in 2 week intervals. Faint objects require- 
ing long shadow viewing times will have to be scheduled when they are in o r  
near the 100 percent shadow visibility region. Objects near the celestial poles 
fall into this region approximately once every 9 weeks for a few days at a time, 
while objects near the celestial equator fal l  into this region once a year for 
about 3 months at a time. Efficient utilization of prime viewing time would 
thus require scheduling of faint stellar objects 1 year in advance. 

c. Two-Object Viewing. The small portion of the orbit (approx- 
imately one-third) available for prime viewing, limited object visibility during 
prime viewing, and restricted operational flexibility make it highly desirable 
to have the capability to utilize the light side of the orbit as well as the dark 
side. Also, considering the long exposure times expected for prime viewing, 
it is desirable to be able to perform a light-side observation and then reacquire 
a dark-side object for continued exposure. If the total shadow time is used 
for primary object viewing, the time available for secondary object viewing 
is a function of object location, viewing constraints, maneuver rate, and 
settling time. 

An analysis was performed to assess the feasibility of 
multiple-object viewing. Basically, this assessment is divided into three 
parts. The first part examines the feasibility of viewing two sources located 
90 degrees apart when a first source is viewed during the entire period of 
time i t  is accessible. The second part examines the same situation but for 
sources located 180 degrees apart, and the third part examines the feasibility 
of viewing either 2, 3, o r  4 sources per orbit for various relative source 
locations. 

It is noted that each situation examined assumes the sources 
under consideration to be coplanar with the spacecraft' s orbit plane. The 
coplanar case was examined because it represents a worst-case situation 
as far as  source observation time is concerned. 
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(1) Observation of Source B when Source A is Observed for 
its Full Accessibility Time. Figure III-29 shows for the situation shown in 
Figure III-30 the observation times for a source location in direction B 
(termed source B) when a source located 90 degrees to it in direction A 
(termed A )  is viewed for the full time it is accessible as a function of vehicle 
slew rate. Both sources are assumed that the spacecraft has completed its 
maneuver to Source A. The spacecraft can perform its maneuver to a source 
although the source is occulted by the earth. 

A source coplanar with the orbit plane is accessible 
to the spacecraft for approximately 53.45 min. Of this, approximately 
3 minutes will be consumed for vehicle settle-out to 30 arc sec (using body- 
mounted s tar  trackers) , 1.0 min for vehicle settle-out to 1 arc  see (using 
OTA course signals) , and 1 min for secondary mirror settle-out to 0.005 
arc  sec (using OTA fine signals). This results in a total settle-out time of 
about 5 min which must be taken away from the 53.45 min the source is 
accessible. Thus, source A can be viewed for approximately 48.45 min. 
At  the end of this observation period, the spacecraft must maneuver to source 
B and settle out before it can begin viewing the source. Like source A, 
source B is accessible for 53.45 min. However, 29.2 rnin of this time is 
consumed viewing source A during the fu l l  time it is accessible. This, in 
effect, leaves 24.26 min for the spacecraft to perform a 90 degree maneuver 
and settle out. A s  indicated previously, approximately 5.0 min will be 
required for spacecraft settle-out and when taken away from 24.26 rnin leaves 
19.26 min for the spacecraft to perform its 90 degree maneuver and view 
source B for a length of time dependent upon the spacecraft's slew rate. 
The length of time source B can be ovserved as a function of this required 
slew rate is shown in Figure El-29. From this curve it can be seen that, 
in order to view source B for 1 0  min, a spacecraft slew rate of 10 deg/min 
is required. Also, it can be seen that this observation time can be increased 
to 14 min if the spacecraft has the capability of slewing at a rate of 18  deg/min. 

AcX = 9O0ANGLE 
BETWEEN SOURCE A 
AND SOURCE B 

d 1 I 
4 

I I I I 
8 10 12 14 16 

SLEW RATE (DEGS/MIN) 

Figure IU-29. Observation time per orbit of a second source when a previous 
one located 90 degrees away is viewed for its fi l l  accessibility time. 
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97 MIN PERIOD OF 611 KM ORBIT. * 
t B  

53.3 MINMAXTMUM-VIEWING OF COPLANAR ORBIT. 
35.5 MIN MAXIMUM DARUNESS. 
25.0 MIN MINIMUM DARKNESS. 

LUNAR AVOIDANCE CONE 

SOLAR AVOIDANCE eZF-3 
Figure III-30. Situation for the observation of a second source (B) when a 

previous source ( A )  is viewed for its full accessibility time. 

( 2 )  Observation of Source C When Source A is Observed for 
Its Full Accessibility Time. The second situation examined is presented in 
Figure 111-31. It is similar to and based upon the same assumptions as  the 
situation presented in Figure III-30 but for sources located 180 degrees apart 
rather than 90 degrees. The length of time source C can be observed as a 
function of slew rate when source A is viewed for the full time it is accessible 
is shown in Figure 111-32. From this curve, i t  can be seen that, in order to 
view source C for 25 minutes, a slew rate of 10 deg/min is sufficient. A 
slew rate of 18  deg/min is required to increase this observation time to 33 
min. 
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97 MIN PERIOD OF 611 KM ORBIT. 
53.5 MIN MAXIMUM VIEWING OF COPLANAR ORBIT. 
35.5 MIN MAXIMUM DARKNESS. 
=.OMIN MINIMUM DARKNESS. 

* 
ATLANTIC ANOMALY 

LUNAR AVOIDANCE CONE 

- SOUTH ATLANTIC ANOMALY 

LUNAR AVOIDANCE CONE 

Figure 111-31. Situation for the observation of a second source ( C )  when a 
previous source; ( A )  is viewed for its full accessibility time. 
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SLEW RATE (DEGS/MIN) 

Figure 111-32. Observation time per orbit of a second source when a previous 
one located 180 degrees away is viewed for its ful l  accessibility time. 

(3 )  Maximum Observation Time per Source for Various 
Sources Viewed for an Equal Period of Time. The final situation examined 
deals with the situation of viewing two o r  more sources per orbit for the 
maximum equal amount of time, each as  a function of spacecraft slew rate. 
Figures 111-33, 111-34, and 111-35 show the observation time per source if 
each of two, three, o r  four sources is viewed during a single orbit for relative 
source locations of 5, 15, and 25 degrees apart, respectively. Figure 111-36 
shows the same situation for two sources located 90 and 180 degrees apart, 
respectively. These charts assume, it is noted, that the spacecraft has 
completed its maneuver to its first source in each case. Figure 111-33 shows 
that,. in order to view two sources located 5 degrees apart for 22 min each, 
a slew rate capability of 6 deg/min is required. This slew rate will also 
dlow three sources located the same distance apart to be viewed for 1 7  min 
each. Figure 111-35 shows that two sources located 25 degrees apart can be 
viewed for 17  min each i f  the slew rate is 18  deg/min. Also, Figure III-36 
shows that, for two sources located 90 and 180 degrees apart, a 10  deg/min 
slew rate will permit each source to be viewed for 29 min and 38 min, respec- 
tively. 

111- 6 3 



II 
I 
c 

I I I I 
r L 0 YI 

!4l 

! 

!! 

: 

L 

5! 

m 

m 

't 

-N 

-0 

111- 64 

d 



[ W E A  I 

n 8 

ISNIWI 33WlOS M3d 3 W l l  NOllVAL(3SBO 

N 
I 
c 

1 I I 
R 2 z II) 

I 

III- 6 5 

d 



This cursory analysis from a mission operations point 
of view shows that it is possible as  well as feasible to program the observation 
of two sources per orbit when the sources are located near each other. The 
observation of a second source located 90 o r  180 degrees apart from a first 
source observed for the full time it is accessible appears to be feasible only 
under ideal observing conditions and for sources requiring very short exposure 
times. The observation of two, three, o r  four sources per orbit appears 
encouraging if these sources a re  very near each other. The observation time 
of these sources becomes almost independent of slew rate for slew rates 
greater than about 10  deg/min. 

d. Instrument Checkout and Calibration Timeline. Prior to 
beginning the observation phase of the mission, several checks on the OTA 
should be performed. First, the primary and secondary mirrors should be 
aligned and focused. A figure check to verify the geometric characteristics 
of the primary mirror should then be performed. This is followed by checkout 
of the telescope transfer optics which is in turn followed by checkout of the 
telescope imaging systems. 

Following this series of checks and corrections, each instru- 
ment will undergo a "relative calibration" check which can be performed in.a 
total time of about 8 hours and will essentially compare on-orbit instrument 
readings utilizing an artificial source with those received on the ground from 
the same source prior to launch. This calibration will identify any changes 
in instrument performance due to launch vibrations. 

Prior to its use by a principal investigator each instrument 
may undergo "absolute calibration''. No specific amount of time will be 
allocated at the beginning of the mission to perform this type of calibration on 
each instrument contained in the SIP. Rather, an instrument may be calibrated 
immediately prior to its use by the principal investigator who will be using it. 
This is a calibration of the specific instrument against a known standard cali- 
bration star. Figure 111-37 is a possible timeline for the high-speed spectro- 
graph. 

Source observation time is the most critical factor which 
contributes to calibration time. This is in turn related to source occultation. 
The timeline in Figure III-37 assumes that the source, as previously stated, 
is constrained to being observed only during the time the spacecraft is inside 
the shadow portion of its orbit and that the source is accessible during this 
complete time. 

Alignment checks may be required about once per orbit and 
after maneuvers. Focus/figure checks may be required about once per month. 
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Figure III-38 gives an overview of the operational viewing 
activities which have been envisioned as representative of those the spacecraft 
will be involved in during a typical 30 day period. From this overview, time- 
lines a re  included for the days indicated by the hash-marks. These timelines 
show how the spacecraft has been envisioned to operate on a daily basis under 
the various conditions created by the existence of the various constraints 
associated with the different source observation requirements. Specifically 
included in these timelines a re  such considerations as  source 
time, source selection, instruments utilized, scheduling of ho 
activities, observational constraints, and daylight and dark cycles. Associated 
with each timeline is a plot of the relative locations of the solar avoidance 
cone, lunar avoidance cone, and cones of continuous visibility due to their 
relative movements within the time periods allocated for the specific activities 
shown in Table III-11. 

e. Typical Observation Day of UV Galactic Faint Objects. Two 
sources whose characteristics a re  faintness ( M  2 6) and abnormally high 
emission of ultraviolet radiation a re  208 G Eridani and 145 G Eridani. The 
specific characteristics of these sources a re  given in Table 111-13. Figure 
111-39 shows how these two sources might possibly be observed during a 
given day for a period of about 4 hours integrated viewing time each. Speci- 
fically, it shows that, beginning with a starting orbit, 208 G Eridani is chosen 
such that when it is occulted; i t  is also on the illuminated side of the orbit. 
During this time, the high speed spectrograph is switched into the focal plane 
of the telescope. This is the instrument most likely to be used in making 
observations on this kind of sources. Also during this time, the spacecraft 
can possibly perform the maneuver required to achieve the attitude needed 
to observe 208 G Eridani. A s  208 G Eridani becomes assessible, the space- 
craft begins its settling out process followed by acquisition of the sources 
and the associated guide stars which a re  required for i ts  observation. This 
followed by performing high speed spectrography on the source and by "other 
activities as  required'' (OAAR) , such as  momentum dumping or  data readout 
for the observation of the same source during the iext  orbit. 

A s  208 G Eridani returns to view, the spacecraft begins its 
settling out process followed by reacquisition of 208 G Eridani and its 
associated guide stars. This procedure is continued through 7 orbits at the 
end of which time the spacecraft will maneuver to view the source 145 G 
Eridani using the same procedure that was used in observing the previous 
source for an approximate equal amount of time - 34 min per orbit for 7 
orbits. The integrated viewing time for each of these sources translates 
about 4 hours observation time per source. This time, of course, reflects 
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observations made inside the shadow cone of the earth only, which varies as 
a function of the time of year. A plot of these sources on the celestial sphere 
is shown in Figure 111-40. The relative projections of the solar avoidance 
cone, the lunar avoidance cone, and the cones of continulusly accessibility 
a re  indicated also. 

TABLE u[I-13. CHARACTERISTICS OF 208 G ERIDANI AND 145 G ERIDANI 

Source 

208 G Eridani 

145 G Eridani 

R. A. (hr:min) 

04:18 

03:51 

Declination (deg/min) I Mag Special Class 1 
I -6 I 6.7 B 

t-34 I 6.6 B 

It is significant to note that, during the period of time indicated 
on the timelines by OAAR, the spacecraft can maneuver to and observe a 
second source if  sufficient time permits. This, of course, depends upon 
slewing rate capability, possible instrument change-out requirements, type 
of source, etc. 

f. Typical Observation Day of W Galactic Bright Stars. The 
observation time of bright stars, as indicated by Table 111-11 will be consider- 
ably less than that for faint stars. Consequently, about 14 bright stars should 
be observed by the LST during a given day. This implies the observation of 
about one source per orbit. The possibility of observing 14 sources per day 
depends upon several factors, such as  the' number of different instruments 
used, spacecraft slewing requirements, etc. However, to determine if 14 
bright sources can be viewed by the LST during a given day, 14 sources were 
chosen (Table 111-14) whose magnitudes were less than 6. A plot of these 
14 sources is shown in Figure 111-41 as a function of their right ascension 
and declination. It is significant to note that these sources belong to spectral 
class 0 or  B, which implies that they a re  to some extent abnormally high 
emitters of W radiation. 

Figure 111-42 presents a timeline showing how the LST might 
possibly go about making observations on these sources, in the order of their 
observation. Performing the observations in the order presented should have 
the effect of minimizing the extent of the individual spacecraft excursions. 
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Specifically, Figure III-42 shows that first the sources a re  chosen such that 
they can be viewed during the time the spacecraft is inside the shadow portion 
of the orbit. Beginning with the first orbit, preparation for use of the Echelle 
spectrograph is achieved. Following this event, the spacecraft maneuvers to 
and acquires the first source, CIH, and its associated guide stars. Although. 
the tirneline shows the maneuver being performed during the time the source 
is accessible, the spacecraft can actually perform its maneuver concurrently 
with switching instruments during the time the source CIH is occulted. After 
guide star and source have been acquired, Echelle spectrography is performed 
on the source. Following this observation of the star, "other activities a re  
required" to prepare for the observation of the second source, ALpheratz, 
a r e  performed. A s  Alpheratz becomes accessible, the spacecraft settles out, 
and it and its associated guide stars a re  acquired. This general procedure 
is repeated for each orbit until all 14 sources a re  observed. 

TABLE 111-14. UV GALACTIC BRIGHT STARS 

Source 

CIH 

ALpherat z 

AChernar 

ALgol 

EL Nath 

Bellat rix 

Mintake 

Riquel 

Saiph 

ADHARA 

ALUDRA 

NAOS 

SCULTULUM 

REQULUS 

R.A. (hr:min) 

00:51 

00:03 

01 :34 

03:02 

05.20 

05:20 

05:27 

05:lO 

05:43 

06:14 

07:20 

08:OO 

09:14 

10:03 

Declination ( deg:min) 

60:ll 

2 8:32 

- 57:45 

40:34 

28:32 

6:16 

-0:22 

- 8:19 

-9:42 

-16:35 

-29:06 

-39:43 

-58:51 

12:27 

Magnitude 

2.2 

2.1 

2.2 

2.1 

1.7 

1.6 

2.2 

.1 

2.1 

-1.4 

2.4 

2.2 

2.2 

1.3 
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Figure 111-43 shows a plot of a group of sources which are 
representative of these which might possibly be observed during the final day 
of observing UV galactic bright sources for the 30 day time period. Also, 
this figure shows the relative locations of the solar avoidance cone, lunar 
avoidance cone, and cones of continuous visibility due to their relative move- 
ment from the relative locations shown in Figure 111-41. Figure 111-44 shows 
the timeline illustrating the observation of the sources plotted in Figure 111-43. 

5. Conclusions. This analysis has resulted in the identification of 
several interesting points. Source observation times for both faint and bright 
sources have been identified. It has been pointed out that faint sources will 
be observed from 1 to 1 0  hours each while bright sources from a few seconds 
to 1 hour each. Typically, an investigator will view from 10 to 20 sources 
before relenquishing the telescope to another investigator. 

Several factors associated with source observation have been 
identified which definitely should be considered in the scheduling of certain 
observations. These factors a re  time of year, location of observational 
constraints, source location from the sun, and the location of the continuous 
observation cones. 

A multiple-source viewing per orbit analysis was performed. 
This analysis indicates that more than one source per orbit appears feasible 
from a mission operations point of view. In addition, this analysis shows 
that equal observation time per source becomes almost independent of slew 
rates greater than 1 0  deg/min for sources located relatively close to each 
other. 

Two types of calibration may be required for the instruments con- 
tained in the SIP. A "relative calibration'' will be performed on each instru- 
ment before the observation portion of the mission is initiated. This calibration 
can be performed in a total time of about 8 hours and will essentially compare 
on-orbit instrument readings utilizing an artificial source with those received 
on the ground from the same source prior to launch. This calibration will 
identify any changes in instrument performance due to launch vibrations. 
Prior to its use by a principal investigator, each instrument may undergo 
"absolute calibration. " Specifically, this type of calibration will require 
that the specific instrument be calibrated against a known standard calibration 
star. 
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6. Operating Modes. During normal operation, the LST will view 
sources one at a time with one instrument until the viewing is completed; 
then, i t  will either select another instrument o r  another source, o r  both, and 
proceed with another observation. Optimization of the viewing program will 
contribute significantly to the overall viewing efficiency. Such optimization 
depends heavily on the slew rate and settle time capabilities, the thermal 
time constant of the system, warmup time of the instruments, observation 
time required to obtain the image, and ground contact frequency. Multiple- 
instrument simultaneous viewing is possible from a systems standpoint if the 
sources of interest a re  located properly. 

Backup and emergency modes are provided in each system, in a 
addition to considerable redundancy provided at the component (blackbox) 
level and below. In the portions of the systems which are mission-critical, 
these modes will be entered automatically, and in other systems, the modes 
will be entered upon detection of a failure or sufficiently degraded performance. 
Failures and performance degradation are detectable from the ground to the 
blackbox level. 

An "on-orbit storage mode" is provided and is a very attractive 
capability for use in emergencies and/or in the event i t  is desired to shut 
down the LST temporarily to conserve lifetime or  for programmatic reasons. 
This mode is effected by retracting the solar arrays, shutting down all systems 
except communications and thermal control heaters, and closing the aperture 
doors. The LST can tumble or  assume any random orientation. The key fea- 
tures which permit lack of attitude control during this period a re  the wraparound 
solar panels and the antennae which provide near-omnidirectional coverage 
with arrays extended or  retracted. 

During the maintenance mode, the LST systems are  dormant 
except for lights, thermal control heaters on the mirrors, and the hazardous 
warning/intercommunications box. Clean air is circulated through the SSM 
by a portable trace contaminant removal system, and the a i r  temperature, 
relative humidity, and oxygen/C02 content is controlled by either a portable 
system o r  an isolatable portion of the Shuttle ECLSS. 

In the on-orbit checkout mode after maintenace, the LST receives 
power from the Shuttle while all systems a re  turned on sequentially and verified 
via a coaxial link to the Shuttle cabin. Subsequently, the arrays a re  deployed 
and verified, and R F  link is verified, and the LST is depressurized and re- 
leased. The Shuttle remains in the area until communication with a ground 
station is verified, then it departs. 
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E. Cove rage Con tact Statistics 

1. Preliminary LST Mission Coverage. Preliminary mission cover- 
age analysis, in terms of contact times, was undertaken to assess the capa- 
bility .of three selected ground network configurations of the Spaceflight Track- 
ing and Data Network (STDN) in providing tracking coverage support to the 
LST mission. Another tracking concept, which initiates in geosynchronous 
orbit, has been retained to determine the feasibility of supporting the LST with 
the tracking and data relay satellite (TDRS) network. Ground and orbital 
contact statistics were generated by means of computer simulation to conform 
partly with current technical guidelines for communications and data handling 
for use in the LST design planning. 

With the LST launch date programmed for 1980 from the Merritt 
Island launch area, general orbit requirements have dictated a circular orbit 
at an altitude of 611 km (330 n. mi. ) and an inclination of 28.5 degrees. The 
selected orbit primarily reflects the expectations that the reference design 
altitude is considered compatible with the LST orbital lifetime requirements. 
Additionally, the altitude of 740 km (400 n. mi. ) was examined during the 
early phase of the study on the basis of an assumed 1978 launch. The two 
altitudes have been compared as a possible means of providing tracking cover- 
age to assess the sensitivity effects. Despite a reduction in station contact 
time, the lower altitude prevails with advantages of an increase in payload 
capability and a decrease in radiation environment when considering the signi- 
ficant variations within the altitude range. 

To maintain the intensive communications and control links 
between earth and LST experiments, the STDN provides six ground tracking 
stations equipped with a 9.144 m (30 ft) diameter antenna (Configuration A) 
The selection was based on two criteria. The first was that the station had 
to be visible to the spacecraft and the second was that the ground station had 
to have the proper S-band equipment. The selected ground sites a re  Canary 
Islands ( CYI) , Ascension Island ( ACN) , Carnarvon ) CRO) , Guam (GWM) , 
Hawaii (HAW), and Goldstone (GDSX) . This configuration is used for eval- 
ualtion in a simulation to determine the exact coverage provided for the 
mission. 

The STDN is formed by combining the former Space Tracking 
and Data Acquisition Network (STADAN) and the former Manned Space Flight 
Network (MSFN) to achieve the overall support capability requirements. 
Current NASA studies have dictated a requirement that the tracking facilities 
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at Carnarvon (CRO) be phased out of the STDN in 1974. Since the LST is 
scheduled to operate initially in 1980, subsequent simulated analysis has 
assumed a possible participation of Orroral Valley (ORRX) instead of CRO. 
The new six station network is designated as  the STDN Configuration B in 
the comparative analysis. 

An alternate ground configuration, selected for further evaluation, 
consists of three ground stations located at Cooby Creek (TOOMBA) , Barstow 
(MOJAVE) , and Rosman (ROSMAN) . Actually, AVE and ROS are  relatively 
new acronyms and will be used in the ATS section of this report. The band- 
width capability of those stations would impose some constraints on the data 
transmission capability. The three stations demonstrate use of the Applications 
Technology Satellite (ATS) systems separately from the former standard 
STADAN antennas. The ATS facility at Rosman is equipped with a 25.908 m 
( 85 f t )  diameter antenna. The other two operate with 12.192 m (40 ft) diam- 
eter antebas. The three stations a re  considered redundant in establishing 
compatibility with the LST systems. 

The TDRS concept uses two tracking and data relay satellites 
placed in geostationary orbit to simulate tracking of the LST spacecraft 
over long arcs in the circular orbit. This arbitrarily selected concept 
should be considered hypothetical and should not be construed as having been 
proposed by NASA/GSFC. Aim of the hypothetical concept is to primarily 
increase orbital and geographical coverage and to improve tracking accuracy 
requirements. With its unique capability for the continuous reception of data 
in real time, the TDRS objectively commands, tracks, and relays data from 
the LST to fewer ground stations. Although it would provide complete track- 
ing coverage for the LST, the TDRS may pose a problem of accessibility 
since the scientific data generated on the LST orbital mission would not 
require continuous real- time data dumping o r  real- time ground control of 
experiment and subsystem operations. Nevertheless, the TDRS approach 
has been emphasized in the analysis of contact statistics. 

2. Coverage Assessment. Computations of contact statistics have 
been carried out for three tracking configurations of STDN and TDRS networks 
to determine the capability of each one in supporting the communications and 
data handling requirements of the LST mission. Literally, from the statis- 
tics, the contact time achieved between the LST and the ground station o r  
communications satellite can be identified as  one informative source of rang- 
ing and range rate for use in performing orbit determination and in updating 
ephemeris data on subsequent orbits. 
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The purpose of the analysis phase of the study effort is to specify 
that reliable communications must be established at the 611. km orbit with 
each ground station or communications satellite. Therefore, each network 
configuration is evaluated to satisfy one contact per orbit with a 5 min minimal 
contact and to satisfy the minimum data hours that may be specified in the 
data handling requirements. Consequently, a representative trade-off eval- 
uation in ground coverage statistics for two STDN configurations and one 
STDN ( ATS) configuration is illustrated in Table 111-15 for two altitudes. 
STDN Configuration B contains Orroral Valley instead of Carnarvon, the 
latter being in Configuration A. Contact conditions a re  shown for a length 
of computer simulation of 70 orbital revolutions; this is adequate to assure 
reasonably stable statistics. On this table, the conditions computed a re  
externally constrained by a minimum 5 min contact time and elimination of 
ground station with shorter contact time in the event of station multiple 
coverage. Configuration B could acquire an average contact time of 26 min per 
revolution for the baseline altitude. An average contact time of 11 min per 
revolution is established for each STDN station when a contact is made. 

' 

Replacement of Carnarvon by Orroral Valley, according to the 
computer simulation results, has reduced total contact times and the total 
number of contacts made. This reduction is attributed to station latitude 
higher than orbital inclination and antenna obstructional data for Orroral 
Valley. The coverage summary cannot be considered fixed since orbital 
parameters and orbital insertion conditions might change as  mission planning 
progresses. The coverage summary provides the required data for evaluation 
and the data should be treated as preliminary and representative. Table 
111-15 shows that Configurations A and B do not produce a big difference in the 
statistics for the 611. km orbit. Therefore, the six station configuration 
with the fewest gaps, greatest coverage, and smallest gap duration could 
satisfy LST mission requirements, assuming no implementation of the TDRS 
network. 

Table 111-16 is a summary of cumulative contact time per 24 hours 
for each STDN station, using the antenna horizon coverage limits as a con- 
straining factor. Minimum zero-minute contact time is considered. The 
elimination requirement is not imposed on an overlapped station with a shorter 
contact time. A comparison of the individual station coverages in terms of 
minutes and seconds indicates that, when the overlapping elimination con- 
straint applies, the ability to meet the one contact per orbit requirement 
decreases. Thus, replacement of CRO by ORRX has produced a substantial 
reduction in the total station cumulative contact time per 24 hours. 
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For each orbit under consideration, Table III-17 shows the impact 
in contact statistics for two to six sites in the STDN l'A'l network and for one 
to three sites in the ATS network on ground statistics. Hence, the average net 
contact time per day is computed with deduction of bias time which accounts 
for a total of 1.5 min for acquisition of signal and loss of signal. The com- 
putations are made within the constraints which specify minimum 5 min 
contact time and station overlapping elimination. 

Figures III-45, III-46, and III-47 show worldwide coverage pro- 
vided by the network configurations of STDN and STDN (ATS) for a 611 km. 
spacecraft orbit. The coverage circles for all ground sites for orbital alti- 
tudes of 611 krn (baseline) and 741 km have been calculated using the actual 
physical masking data on the antenna, considering terrain and antenna stops. 
Figure III-46 shows dashed coverages for three more stations which a re  
added to the six station configuration. Also shown on the mercator maps a re  
the ground traces for the first 8.3 orbital revolutions of the LST mission, 
based on the orbital parameters. Al l  calculations are  assumed to begin at 
insertion of a latitude of 28.5 degrees north and a longitude of 294.53 degrees 
east, with a trajectory originating in a southerly direction. Based on those 
figures, a longitude of 50 degrees east was designated as  an orbital revolution 
counter, thus permitting easy counting of total contact time pe r  orbital revolu- 
tion without overlapping of contact time from one revolution to the next one. 
The orbital revolution time from the particular longitude to the same longitude 
is appr6ximately 104 min. 

For the first 70.3 revolutions, contact summaries a re  tabulated 
in Table 111-18 for STDN Configuration A, Table 111-19 for STDN Configuration 
B, and Table III-20 for STDN (ATS) Configuration for the 611 km/28.5 degree 
inclination orbit. The contact made with the LST by each ground station during 
any particular orbital revolution is indicated by an X, conforming to three 
external constraints. The orbital revolution "0" is normally one-third of an 
orbit, due to a fixed location of the revolution counter. Examination of Tables 
111-18 and 111-19 shows that application of the constraints has degenerated the 
total contact time for each ground station, with the GDSX sustaining an 80 
percent decrease. 

Ground contact and gap statistics are compared in plot form: 
Figure 111-48 for STDN Configuration A and Figure III-49 for STDN ( ATS) 
configuration. To facilitate interpretation, the solid blocks, depicting the 
contact interval, indicate ground contacts equal to or  greater than 5 min, 
using actual land masking data. Two parameters, orbital revolution number 
and time since insertion, identified in hours, a r e  shown on top and bottom 
abscissas. On Figure III-49, in the first 70 revolutions after insertion into 
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LST orbit, the 3 station configuration has provided 5 longest gap durations 
of 11.6 hours average produced by absence of additional ATS stations. The 
deficiencies in the ATS coverage could be corrected by adding more stations, 
which would require augmentation of the ATS equipment. 

TABLE 111-18. CONTACT SUMMARY OF TRACKING STATIONS WITH LST 
SPACECRAFT; STDN NETWORK CONFIGURATION A [Altitude = 611 km 

(330 n. mi. ) , Inclination = 28.5 degl 

( 2 )  Ellmination of overlapped station with shorter 
contact time 

To complement the STDN Configuration A in spearheading the 
improvement of gap distribution, three more STDN stations, namely, Merritt 
Island (MIL), ROS, and Santiago (AGO), were added. Coverage analysis, 
excluding the constraints, has been made of this nine station configuration. 
This analysis, within the external constraints, virtually eliminated GDSX 
since the stations overlapping the California site have attained greater con- 
tact times. 
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TABLE 111-19. CONTACT SUMMARY OF TRACKING STATIONS WlTH LST 
SPACECRAFT; STDN NETWORK CONFIGURATION B [Altitude = 611 km 

(330 n. mi. ) , Inclination = 28.5 degl 

I 

(2) Elimination of overlppped statlon wlth shorter 
contact time. 

The TDRS network analysis assumes the hypothetical TDRS con- 
cept which uses two geostationary satellites to provide simultaneous tracking 
of the LST in i ts  611 km orbit. The ground stations a re  not considered in the 
T DRS satellite deployment. Orbital placement ( subsatellite longitude) of two 
satellites on the equator is assumed to be 215 degrees east and 345 degrees 
east. .The TDRS network was cow-puter-simulated to determine the exact 
coverage it could provide for the LST mission. This simulation showed that 
each communications satellite tracked the LST constantly for about an hour 
during each revolution. Thus, a 611 km orbit gives an average TDRS network 
coverage of about 95 percent compared to 26 percent coverage for the STDN 
Configuration B. Based on the Julian date input, the time in sunlight for the 
LST in a 611 km/28.5 degree inclination orbit is determined to be about 1.07 
hours during each revolution. At the 16th hour of the initial mission, the LST 
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has obtained 9.42 hours of accumulated cantact time from communications 
satellite number 2, 9.09 hours from communications satellite number 3, 
and 10.4 8 hours of accumulated sunlight time. 

TABLE III-20. CONTACT SUMMARY OF TRACKING STATIONS WITH LST 
SPACECRAFT; STDN (ATS) NETWORK CONFIGURATION [Altitude = 611 km 

(330 n. mi. ) , Inclination = 28.5 degl 

(2) Elimination of overlapped stati’on with shorter 
contact time. 
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The coverage statistics have emphasized that STDN and STDN 
(ATS) are hardly the primary competitive network candidates for support of 
the LST mission. The STDN Configuration B, which includes Orroral Valley 
instead of to-be-phased-out Carnarvon, may be adequate for the LST coverage 
requirements. The TDRS concept, when developed and deployed, should be 
designed to track a spacecraft such as the LST. Consideration of the STDN 
(ATS) corrfiguration should be terminated in view of the fact that ATS-F and 
-G missions will, in all likelihood, preclude use of the ATS stations to support 
the LST mission. 

F. Support Operations 

1. Facilities/Equipment Required. The following ground facilities 
and equipment will be required for the LST mission: 

1. 

2. 

3. 

4. 

5. 

6. 

7. 

8. 

9. 

10. 

11. 

Processing Area (10K Clean Room) for OTA, SIP/SSM. 

Optical Alignment Area. 

Functional Checkout Area. 

Shuttle Simulator. 

Interface Checkout Area. 

Interplant Transportation Equipment/T ransporters. 

Leak Testing/Test Area.. 

Work Bench Area. 

Experiment Laboratory. 

Storage Area. 

Special Handling (Slings, Spread Bars, etc. ) . 
The special ground support equipment will be received and 

inspected for damage, and the data package will be reviewed. It will then be 
transported to LST receiving, inspection, and processing area and will be 
installed. 
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Ground electrical support equipment (GESE) to be used for pre- 
delivery systems testing will be the same equipment to be used for checkout 
at the launch facility. In general, it will be standard racks of equipment 
typically used for payload checkout. Most of this equipment could be assembled 
from equipment previously used for HEAO, Skylab, etc., if made available. 
AdaRters and interface units to be provided will assure that electrical inter- 
faces a re  identical to those of the standardized, in-space electrical support 
equipment (IESE) to be located at the payload work station aboard the Shuttle 
Orbiter m-31. 

The ground support equipment will then go through the special 
checkout and acceptance testing as  shown in the prelaunchjground operation 
timelines (Figure III-SO). Special calibration and self-checkout will be 
conducted. 

Upon receipt of OTA/SI and SSM, the SSM docking interfaces will 
first be verified using the docking simulator supplied for physical and electrical 
interfaces. The mating interfaces of the SSM and OTA/SI would then be veri- 
fied mechanically and electrically using the certified interface simulators. 
Upon satisfactory verification, the two elements would then be assembled into 
an integrated LST configuration. The OTA/SI electrical connections to the 
SSM are  then completed. 

The integrated LST will be connected to the verified electrical 
support equipment for checkout and functional testing of the entire integrated 
system. Alignment, calibration test of the telescope and instruments will 
be conducted. Then, the LST will be serviced and the integrated systems 
testing will be conducted. 

The antennae and telescope covers are deployed and the required 
verification testing will be conducted. Then the panels, antennae, and tele- 
scope covers will be retracted and the LST transported to the Shuttle routing 
simulator for mating checkout and interface verification tests and mating. 
After Shuttle simulator mating tests have been completed the LST will be 
transported back to the test and processing area for final checkout and adjust- 
ment. 

Then the data management, electrical power, and control interfaces 
will be verified between the OTA and SSM, and the coordinated functional veri- 
fication of .the OTA/SI and SSM will be conducted. The weight balance and 
prelaunch checkouts and verification will then be performed. 
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MATING OF LST COMPONENTS 

FACTORY 

0 5 10 15 20 25 30 35 TIME (DAYS) 
I I I I I I I I 

RECEIVING AND INSPECTION OF OTA, SI, AND SSM 

a VERIFY DOCKING MODULE/SSM INTERFACES 

............................ CONNECT OTA/SI AND SSM AND VERIFY INTERFACE 

CONFIGURE FOR INTEGRATION TEST 

INTEGRATION TEST 

15 20 25 30 35 40 45 50 TIME(DAYS) 
I I I I I I I 1 

POSITION LST ON CHECKOUT FIXTURE 

ALIGN AND CALIBRATE TELESCOPE AND INSTRUMENTS 

a VERIFY LEAKAGE RATE FROM PRESSURIZED MODULES 

rn SERVICE LST FOR :.:.:.: .:.:.:. INTEGRATED SYSTEMS 7 TEST 

INTEGRATION TEST 
PREP. COMPLETE 

VERIFY DEPLOYMENT OF SOLAR PANELS, ANTENNAE, 
TELESCOPE COVERS 

VERIFY DATA MANAGEMENT, ELECTRICAL POWER, 
CONTROL INTERFACES, BETWEEN OTAlSl AND SSM 

VERIFY COORDINATED FUNCTIONS OF 
OTA/SI. AND SSM 

LAUNCH PREPARATIONS 

40 45 50 55 60 65 70 TIME (DAYS) 
I I I I I I I a @.*.: WEIGHT AND BALANCE PRELAUNCH CHECKS 

PREPARATION FOR INSTALLATION INTO ORBITER 

INSTALL LST I N  ORBITER 

w.:~.$$g, SHUTTLE LAUNCH PREPARATIONS AND LAUNCH READINESS CHECKOUT 

i l  FT-OFF 

Figure 111- 50. LST prelaunch/ground operations phase timeline. 
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The LST will be transported to payload installation area for install- 
ation in the Orbiter cargo bay. The LST will be installed in the Shuttle cargo 
bay while the status of system and subsystems is monitored. Environmental 
control will be maintained from the time the LST leaves the processing and 
test area until it  is installed in the cargo bay. After the cargo bay/LST inter- 
faces a re  verified, the LST will be ready for the prelaunch checkouts required 
by its systems. 

Once the LST has been assembled and checked out at the launch 
facility, it  will proceed to a staging area for installation into the Shuttle 
Orbiter. From this point on, LST operations and checkouts will be made 
primarily with the IESE and the need for GESE minimized o r  eliminated. 
Operational support will be provided by the IESE. There will be no need for 
a control center complex at the Cape, unless desired, because the Orbiter 
controls operations and has "quick look" capabilities during launch and initial 
orbits. Normal ground control and tracking will begin when the payload is 
released from the Shuttle. 

Carry-on cables to the IESE provide power and controls needed 
for prelaunch operation and checkout at the launch site. There will be pro- 
visions for RF data and command links. When the Orbiter is checked and 
made operational, it  will provide power and will assume control of the pay- 
load until in-space checkout is completed. 

The LST will be powered down at lift-off. The EPS and distribution 
buses will be energized and the data management equipment will be on to ob- 
tain sensor information. The OTA thermal system will be energized but will 
probably not draw power as long as  the payload is in the Shuttle bay. The LST 
subsystem will be incrementally energized as in-space checkout proceeds. 
Such operations will most likely occur after the LST is erected out of the bay. 

A conservative 2 day period will be allowed for operation and 
checkout of subsystems, assuming that 2 days may be needed for outgassing 
before high voltage supplies are turned.on to operate scientific equipment. 
The ACS can be warmed up and operated but gyros and CMGs will have to be 
caged until the LST is free of the Orbiter. 

When the Orbiter completes i ts  navigation and control checks, 
payload checkout will commence. The Orbiter assumes an orientation to 
allow the LST to be erected from the bay without facing the optics sunward. 
A s  soon as it is erected and contamination protection is removed, the sm- 
shade will be extended. 

III- 9 8 

d 



The solar array may be deployed soon after payload erection, 
offering the unprecendented advantage of being able to test retraction, orienta- 
tion, and array performance before it assumes its critical operational function. 
After testing, the array may be used to supply power for subsequent operations. 
Only coarse attitude control is needed for such operations and this can be ob- 
tained by keeping the Shuttle properly oriented. 

Since the arrays may be deployed,. they can be used to supplement 
the energy needed for orbital checkout and maintenance operation. 

It is also noted that the LST battery requirements are not depen- 
dent on launch phase requirements since the Orbiter furnishes the necessary 
power. In fact, it allows for trickle charge on the batteries, if needed, during 
launch. 

The electrical sys tem integrity and the operational capabilities of 
all subsystems can easily be verified within the 2 days assumed, allowing 
ample rest periods and a limited crew complement. Except for the ACS, the 
functional performance of the SSM subsystems will be verified before test 
and preliminary calibration of SIP instruments start. In addition to equipment 
operability, some of the AGS sensors can be verified during checkout.. It is 
also possible to coarsely compare open-loop control signals with Shuttle con- 
trol system information but final pointing and stabilization performance verifi- 
cation can occur only after the LST is released. For this reason and to permit 
better readiness verification of OTA and SIP equipment, i t  is desirable to 
allow a period of several orbits for the Shuttle to maintain station-keeping 
with the LST after release. This would permit vehicle recovery in the event 
that defects in the highly sensitive equipment were observed. 

Subsequent to verification that outgassing and subsystem perfor- 
mance is adequate, scientific instrument tests and preliminary calibrations 
are made, as  discussed in Section D of this chapter. 

The postflight ground operations timelines (Table III-21) was pre- 
pared for the LST to be returned to the ground for maintenance. The same 
type of maintenance would be required for inflight maintenance with the 
exception of disassembling the LST. 
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2. Titan Launch Facilities. There are five basic areas of ETR that 
can be used for receiving and preparation of the LST for launch. These areas 
will require some modification to meet the LST particular requirements to be 
launched on a Titan 111 vehicle. Therefore, when the Space Shuttle retrieves 
the LST, it may be less costly to use the Titan facilities for the ground oper- 
ations of the LST. If not, then like accommodations must be made in the KSC 
industrial area. The following is a list of areas for consideration: 

1. Observatory operation center (OOC) (Class  10 000) : 

a. Observatory control center. 

b. Experiment Laboratory 

c. Work bench area. 

d. Receiving area. 

e. Flight stores. 

f. Large equipment storage. 

g. High bay area. 

Vertical Integration Building (VIB) (Class 1 0  000). 

a. Launch control center. 

b. 

c. Storage area. 

d. Mating equipment and area. 

e. Work access stands. 

f. Crane. 

g. Air-conditioning. 

h. Special GSE. 

2. 

Receiving, inspection, leak testing at test area. 
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3. Launch Complex 41 (LC-413, 

a. Crane. 

b. Access. 

C. Work space. 

d. Power. 

e. Communications. 

f. Fuel. 

g. Special GSE. 

4. Ordnance. 

a. Environmental control storage. 

b. Appropriate handling equipment. 

C. Checkout equipment. 

5. Fuel Storage Area. 

a. Fuel and other pressurants. 

3. Shuttle Maintenance/Revisit. When maintenance is required, a 
manned Shuttle flight will rendezvous with the LST to service and repair the 
LST subsystems. (See Maintainability Analysis in Chapter VII, Volume V, 
for further details. ) Periodic checkout and ground control monitoring of the 
LST will identify failures and degraded components and will provide a basis 
for the maintenance plan and spares inventory for the flight. Maintenance 
will be performed with the LST docked to the airlock module (AM) extended 
from the payload bay of the Shuttle Orbiter. The maintenance crew will be 
added to the two-man Shuttle crew. Maintenance flight, as required, will be 
repeated for the remainder of the life of the LST. 

The timeline of a Shuttle maintenance flight is shown in Figure 
111-51. After being launched into an initial circular orbit, the Shuttle Orbiter 
transfers into the operating orbit of the LST. Prior to transfer, normal 
viewing operations of the LST are  terminated and the OTA and SIP are  secured. 
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The AM extended from the Orbiter cargo bay and the LST is docked with the 
AM. After docking, the LST sybsystems are  switched to the AM power supply, 
the LST environmental control/life support system (EC/LSS) is activated, and 
the LST is pressurized. After the functions of the FC/LSS subsystem have 
been ghecked to insure the safety of the maintenance crew, the crewmen will 
enter the LST and begin the maintenance activities. Maintenance operation 
will include the replacing of failed, degraded or marginal units, and other 
servicing necessary for remotely controlled operations. After the maintenance 
operations have been completed, the maintenance crew will enter the Orbiter/ 
AM and the Orbiter engines will be used to correct any degradation in the LST 
orbit which may have occurred. The Orbiter/AM will undock and stand off 
from the LST; the LST will be depressurized and the LST subsystems will be 
activated prior to undocking from the Shuttle. After the LST subsystems 
have reached 'the normal operating state, a series of tests will be performed 
to verify the functions of the instruments and the LST maneuvering system. 

A period of contamination clearing may be required for open 
telescope tests. Finally, a series of observations of selected celestial objects 
using each of the instruments will be performed to verify the coordinated 
functioning of all LST subsystems. If any of these tests indicate that further 
maintenance operations a re  desirable, the Orbiter/AM will redock with the 
LST and the maintenance will be performed. If not, the Orbiter will return 
to earth, and the LST will resume normal operations. 
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CHAPTER IV. LST CONFIGURATION AND 
SYSTEM DESIGN 

A. Reference LST Configuration 

I. Major Elements/S-ystems. The LST systems tree is shown in 
Figure IV-I . During the Phase A study, the LST was subdivided into three 
basic elements, as shown in Figure XV-2 and Table IV-1. The division 
between these elements was somewhat arbitrary and must be investigated 
further in the next phase of study. In general, the most difficult interface 
area at which to determine a satisfactory hardware division is between the 
optical telescope assembly ( OTA) and scienttfic instrument package ( SIP) , 
since these two elements are more closely coupled than any of the other 
combinations. The SIP region is a hybrid one, containing telescope-peculiar 
instruments ( figure sensor, focus sensor, fine guidance assembly, etc . ) and 
scientific instruments; hence, the term Scientific Instrument Package is 
somewhat misleading. The general requirements for the SIP structure are 
very stringent and very similar to those for the OTA structure (very accurate 
positional stability, very small allowable thermal gradients, etc . ) . The 
solution to the structural design for the OTA should be in large part adaptable 
to the SIP structural design, resulting in  cost and schedule advantages. This 
is particularly true if some of the more exotic structural materials and 
techniques a re  utilized, requiring some development effort in the LST pro- 
gram. Cost and schedule savings can also accrue by having one mathematical 
model and one structural/thermal analysis for the OTA/SIP structure. For 
the foregoing reasons, it was decided to include the SIP primary structure as 
part of the OTA in the Phase A study. The fact that the instruments must be 
capable of on-orbit removal and replacement without alignment degradation 
tends to support such a decision - the instruments and their structure cannot 
be a monolithic structure in any event. Since the SIP structure is removable 
from the OTA primary ring, it could be shipped to other locations for special 
tests or  integration if schedules made this necessary. 

Two of the key aspects of the decision on the interface divisions 
must be ( I) the completeness of function of an.end item and ( 2) its integrality 
into the next higher level with maximum efficiency. It seemed logical in the 
Phase A study to have a complete telescope as one of the second-level end 
items below the LST, rather than having several optical pieces and structural 
pieces which could not be mated and become a telescope until the entire LST 
was together. The buildup and integration of the OTA and SIP can proceed in 
parallel, and largely independently of each other, until a high level of buildup 
and testing has been achieved. 
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The decision of how to divide the responsibilities for the focal 
plane and fold optics is not as straightforward as the structural decision. 
Since several key instrument design parameters a re  closely related to the 
fold optics (selection of coatings, astigmatic correction, field of view, and 
focal distance), i t  is logical to assume that the fold optics a re  extensions of 
the instruments. However, since the fold mirrors a re  ,upstreah of the f/12 
focal plane, it is also logical to assume that they are part of the telescope. 
Their curvature can be tailored to provide astigmatic correction for uncor- 
rected telescope wavefront errors  at  that pdint. Their fields of view and 
mounting locations must be selected to best fit the overall instrument comple- 
ment arrangement. The mounting to the structure, the thermal control, the 
maintainability/replacement, and the stray light control of the fold optics a re  
closely coupled to the corresponding aspects of the SIP structure and to the 
overall instrument complement arrangement. 

In the Phase A study, it was decided that the fold optics should be 
included with the OTA. This decision should be reevaluated during later 
phases of the study. 

2. Master Equipment List. The LST master equipment list (Table 
IV-2) provides a summary of the total equipment on the LST reference design. 
The first  column is used to key the equipment list to the layout drawing 
(Figure IV-3). The redundancy a t  the "component" level provided in the 
design can be determined by subtracting the "number of units required" from 
the "number of units provided. " 

3. LST Mass  Characteristics. Table IV-3 is a summary of the LST 
Three configura- mass moments of inertia and center-of-gravity locations. 

tions of the LST are  considered: 

1. Solar panels folded and light shield retracted. 

2. Solar panels folded, light shield retracted, and orbital adjust 
stage (OAS) attached, (Titan configuration) 

3. Solar panels deployed and light shield extended. 

1. The moments of inertia used in Chapter VI  of Volume V in the analysis of 
certain components of the attitude control system (ACS) were the values 
current at  the time that work was done and are  somewhat different from these 
values which reflect the latest updated estimates of mass characteristics. 
This in no way affects the validity of the control work because the values a re  
w.ell within the normal tolerances to which the ACS is designed. 
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Two totals are given for each configuration. The second total for each includes 
a 20 percent contingency factor. The mass distribution of the contingency is 
assumed to be the same as that without the contingency. Thus, the center of 
gravity of the contingency is taken as the center of gravity of the spacecraft 
without the contingency. Note that the contingency factor used for configura- 
tion IT. does not include a contribution from the OAS. 

Figure IV-4 presents a major component breakdown and a sum- 
mary of the totals including the contingency, along with a pictorial sketch for 
the three configurations. 

4. Configuration and Systems Description 

a. LST Reference Configuration. As discussed earlier, the 
reference LST consists of three basic elements: (1) the OTA, (2) the SIP, 
and (3) the SSM. The reference LST is discussed below, and alternative 
concepts a r e  discussed later in  this chapter. The reference LST in i ts  launch 
mode (Fig. IV-5) is 12.7 m (500 in. ) long and 3.68 m (145 in. ) maximum 
outside diameter at the forward end. These dimensions are within the maxi- 
mum allowable dynamic envelope of the Viking shroud on the Titan IIIE/OAS, 
which was a design constraint for backup launch in this study. The maximum 
diameter of the SSM across the retracted solar wings is within the shroud 
envelope. (The Shuttle tie points a r e  slightly outside the solar wing envelope 
but can be designed to be removable, or  the LST can be oriented so that they 
f i t  into the oblong portion of the shroud dynamic envelope. ) The reaction 
control system (RCS) modules project slightly farther out and would be out- 
side the shroud in the backup launch case. The degree of relief from Titan 
launch constraints if the backup launch is deleted is discussed in Chapter VII. 
The U T  in its deployed mode is shown in Figure IV-6. The overall length in 
this mode is 19.55 m (770 in. ). 

The general shape is driven by the telescope optics and launch 
vehicle payload envelope to be something on the order of a long cylinder. The 
desire for as large a primary mirror as possible eliminates the space avail- 
able for packaging systems or instruments around the periphery of the tele- 
scope. The need for multiple instruments at  the focal plane, for access to 
them, and for minimum obscuration and reflections eliminates the possibility 
of packaging instruments or systems between the mirrors or  in front of the 
telescope. Consequently, the systems and instruments must be located aft of 
the primary mirror. The long cylindrical shape of the LST causes unequal 
inertias, which causes unequal gravity gradient torques to act on the LST, 
necessitating a pointing control system of larger capability than would be 
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MAJOR COMPONENT 

Optical Telescope Assembly 
Scientific Instrument Package 
Support Systems Module 
Total 
Contingency (20 percent) 
Total with Contingency 

GRAVITY (TA)  
mm (in. ) 

4709 (185) 

3870 (152) 

~ CONFIGURATION 

X 
I 

16 645 

( 1 2  284) 

17 114 

(12  630) 

I 

I1 

Mass Weight* 

4579 10 098 
1001 2 209 
2583 5 682 
81 63 17 989 
- 1633 3 598 
9796 21 587 

( kg) ( 1b) 

- 

CENTROIDAL INER TU** 
2 

CENTER O F  

I 
l9 318 

(14 257) 
4944 (195) 

I 

* From master equipment list. 
** Includes a 20 percent contingency. 

I 
Y 

85 776 

(63 303) 

130 704 

(96 460) 

123 703 

( 9 1  293 

f tL)  

I Z  

85 460 

(63 069) 

130 388 

(96 226) 

126 839 

(93 607) 

Figure IV-4. LST mass characteristics. 
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required if the inertias were more nearly balanced as, for example, in the 
Orbiting Astronomical Observatory (OAO) . It was felt that mass balance 
booms would be so long and balance masses so large that structural interac- 
tions with the pointing control system would probably result. 

The OTA and SSM are mated a t  the aft surface of the OTA 
titanium' main (primary) ring, which is the reference for structural alignment 
of the entire LST. The primary mirror mounts are attached to it, as are the 
forward (optical) metering t russ ,  which supports the secondary mirror, and 
the aft metering truss (SIP structure) , which supports the telescope instru- 
ments and science instruments. Both portions of the metering truss a re  made 
of graphite-epoxy. The OTA meteoroid shield is attached to the SSM wall 
approximately 1.5 m (59 in. ) aft of the main ring to provide better isolation 
of the ring from any structural vibrations of the shield. There a re  two main 
structural pickup points on the main ring for mounting the LST to the Shuttle 
and one point near the aft end of the LST. 

The OTA light shield is aluminum alloy and the forward end 
is truncated at  45 degrees. It remains retracted during launch, earth return, 
or on-orbit storage and extends on-orbit to provide protection from undesir- 
able light sources such a s  the sun, moon, or bright earth. The principle of 
operation and design details of the light shield and OTA baffle arrangement 
a re  discussed in Volume III. The results of the trade studies of the light 
shield truncation angle are discussed in Chapter V. 

The OTA meteoroid shield is aluminum, as is the OTA baffle 
shell which is mounted to it. The forward metering truss lies between the 
meteoroid shield and baffle shell and is isolated from them structurally and 
thermally. The OTA motor-driven aperture doors a re  aluminum and a re  
mounted and hinged to the OTA meteoroid shield. The doors protect the 
telescope and instruments from viewing dangerously bright objects and from 
contamination during nonviewing periods. 

The secondary mirror has a 5-degree-of-freedom static 
alignment capability for ground or  on-orbit use. In addition, there is a 
different set  of actuators which provide dynamic image motion stabilization 
during observations. A four-legged spider was utilized to mount the secondary 
mirror to the metering truss because analysis showed that i t  provided less 
optical degration at  the image plane than a three-legged spider. The 3 m 
aperture primary mirror has 25 motor-driven adjustment jacks which react 
against the forward bulkhead to produce small amounts of force on the mirror 
to adjust its figure. The OTA bulkhead is aluminum honeycomb inside 
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titanium face sheets and is tied into the main ring so that it provides shear 
stiffness to the LST, as well as providing a reaction surface for the mirror 
jacks and a pressure wall for the SSM during maintenance. A motor-driven 
pressure bulkhead door remains open during observations but is closed during 
maintenance operations or for contamination protection of the mirrors during 
ground operations. 

The scientific instruments are mounted to the aft metering 
truss (SIP structure) , as are  the three telescope instruments (figure sensor, 
focus sensor, and fine guidance assembly) Each instrument is removable 
on-orbit for maintenance. Guide rails and locking devicei a r e  provided tb 
insure proper alignment and the secondary mirror can be utilized to provide 
some misalignment correction, if necessary (see paragraph A. 11, Focus and 
Alignment Tolerance). If it should become necessary, alignment devices 
could be provided on each instrument. Since maintenance is performed by a 
man in a shirtsleeve environment, maximum utilization of man's capabilities 
in this regard could be achieved. In addition to the capability to remove each 
instrument, the capability to remove only the sensor on each instrument is 
provided. 

Since the SSM is pressurized at  1.01 X lo5 N/m2 (14.7 psi) 
for maintenance, ducts and filters must be provided in the SSM for distributing 
and cleaning the air. The ducts a r e  routed along the SSM walls and terminate 
in a ring at the forward end of the SSM. The airflow is directed toward the aft 
end of the SSM to provide as  near laminar-flow conditions as possible across 
the instruments and systems. A contamination-control cover is provided 
around the outside of the aft metering truss to better enable a positive pres- 
sure differential to exist between the instruments and the SSM area. Remov- 
able panels a r e  provided in this cover for access to accomplish maintenance. 

The more alignment-critical items of the SSM systems (rate 
gyros and star trackers) a r e  mounted on the aft metering truss for greater 
alignment accuracy and greater thermal stability because the SSM wall does 
not afford such accuracy and stability. . The SSM wall is a cylinder of alumi- 
num skin and stringer construction and provides a pressure shell for the 
maintenance operation at no additional weight penalty since launch loads deter- 
mine the size of its members. The aluminum meteoroid shield is mounted to 
the outside of the shell and is thermally insulated from it. The 1-m clear- 
aperture docking ring and mechanism is located at the aft end of the SSM. A 
cover is provided over this opening for thermal, meteoroid, and Contamination 
protection during normal LST operation. The cover is removable for main- 
tenance. 
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h external ring with support struts is mounted near the aft 
end of the SSM and provides support to the solar array wings in the deployed 
mode and a mounting location for the RCS modules. The solar array is 
deployed and retracted by a motor-driven cable mechanism. In the retracted 
mode, the solar array cells face outward, thus allowing the generation of 
some power in this mode. This feature, along with the cam-operated antenna 
position-changing devices, allows an "on-orbit storage mode" to be available 
for emergency or programmatic reasons, which does not require attitude 
control. During operation each wing of the solar array is driven separately 
by a gimbal motor mounted inside the SSM. The wings are gimballed about 
one axis only, through a maximum angle of 135 degrees. This allows access 
to the full celestial sphere except for the &45 degree avoidance area about the 
sun with no degradation in power-generation capability. One antenna is 
mounted on each solar array boom and through the action of a cam during 
deployment and retraction of the arrays, the antenna pointing direction is 
maintained perpendicular to the body of the LST. Two coarse sun sensors 
(one per panel) a re  allso mounted on the solar array and two magnetometers 
a re  mounted outside the aft end of the SSM. 

The remainder of the SSlVl components a re  mounted'inside the 
SSM. The smaller components are mounted on the aft cone and the others are 
arranged in four longitudinal columns to allow room €or access to the systems 
and to the instruments. 

The insulation used throughout the LST is high-performance 
multilayer aluminized Mylar. There is manual backup capability on all the 
mechanisms which a re  critical to mission success. 

The LST in the launch mode in the Shuttle bay is shown in 
Figure IV-7 and in the on-orbit mode in Figure IV-8. It should be noted that 
this sketch excludes the orbital maneuvering system (OMS) propellant tanks 
which a r e  necessary to achieve the 611 km (330 n. mi. ) orbit. The OMS 
tanks would require 1.5 to 2.1 m (5 to 7 ft) of length in the aft end of the pay- 
toad bay. A swing-table with bellows was used in the reference design since 
it was assumed that such a device would already be designed for such payloads 
as  the Sortie Lab and would be available for use on the LST. The table allows 
the LST to be deployed outside the payload bay or to be retrieved into the bay 
with ease, and without depressurizing the SSM, if that is desired. The table 
is not a required item for U T  utilization. Subsequent information on the 
Shuttle design indicates that there is no docking port on the Shuttle outer 
surface and that the one into the payload bay may be offset from the bay 
centerline. Consequently, a docking module which is carried in the payload 
bay may be required to be utilized with the reference LST. A sketch showing 
the LST in the bay with such a module and with the OMS tanks is shown in 
Figure VII-4 of Chapter VII. 
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The LST will be subjected to longitudinal launch g-loads in one 
direction during launch and in the opposite direction during reentry. This, 
however, does not appear to offer any significant design problem. 

b. Optical Telescope Assembly (OTA). The reference concept 
that resulted from this study is a Ritchey-Chretien telescope, 3 m in aperture, 
with a primary focal ratio of f/2.2 and a system focal ratio of f/12 (Fig. IV-9). 
The primary mirror is a Cer-Vit monolith supported a t  three points with 
Invar leaf spring flexures attached to a titanium supporting bulkhead. A 
metering truss, manufactured from graphite-epoxy, supports the four-point 
spider and secondary mirror support ring, to which is attached the secondary 
mirror, its alignment system, and the fine guidance actuation and drive. 

(1) Structural Design. The three structural systems that 
make up the OTA - (1) the optical metering truss, (2) SIP, and (3)  tele- 
scope protective system - have been effectively designed to be structurally 
independent and thermally isolated from one another. The optical metering 
truss supports only the optics whereas the SIP structure supports the asso- 
ciated optical instrumentation. Thermal isolation of the metering truss and 
SIP is accomplished by both insulating the structure and using an athermalizing 
truss design. A three-bay, eight-point mount truss with graphite-epoxy 
members appears to be a most suitable design for  the metering truss. The 
SIP truss structure is also governed by the same general requirements a s  the 
metering truss but to a lesser degree. Consequently, a graphite-epoxy com- 
posite truss design is also recommended. This truss has the added feature 
of satisfying the accessibility and maintainability requirements for the SIP. 
Structural isolation is accomplished by providing independent load paths. The 
pressure bulkhead and main ring form the main structural support base for 
both the metering truss and SIP. 

The primary mirror,  which serves as the optical 
reference, is the most critical component and has thezreatest overall impact 
on the optical performance of the system. A series of force actuators is 
provided to augment the capability of the primary mirror in minimizing sur- 
face degradations caused by various unpredictable forces. Although uncer- 
tainties exist about the nature of the degrading forces, estimates can still be 
made a s  to the required corrective actuator forces. 

The nonoptical protective system includes the meteoroid 
shield, sunshade, baffles, and aperture doors. The meteoroid shield acts a s  
the main support member for the sunshade, baffles, and aperture doors and is 
itself supported by the SSM. In general, an aluminum semimonocoque con- 
struction is used except for the aperture doors, which are an eight-segmented 
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aluminum honeycomb design supported by tlle meteoroid shield and operated 
by screwjacks. The design concept for the sunshade is an open-ended circular 
shell truncated at  45 degrees which can be extended and retracted from the 
meteoroid shield. The pressurizable portion of the OTA structure includes 
the pressure bulkhead and SSM pressurized instrument bay, where servicing 
of instruments can readily be made by astronauts. 

(2) Optical System Design. The LST will have the highest 
resolution of any telescope ever constructed. The space environment elimin- 
ates the atmospheric limitations to the system performance and makes it 
possible to build as large and a s  near perfect a telescope as desired. The 
theoretical factor governing the resolution is the aperture diameter, which 
has been set  at  3 m. All other factors will be minimized or  made insignificant 
to permit the entire system to take full advantage of that aperture. 

The optical quality for a nearly perfect optical system 
is essentially diffraction-limited if the wavefront is perfect to 1/4 h peak to 
valley (J. W. Strutt, Lord Raleigh). The current goal is a value of 0.05 h 
rms, which is roughly equivalent to the 1/4 A peak to valley. For the LST, 
this has been taken a step farther by adding the unusually stringent require- 
ment that all possible sources of image degradation be included, thereby 
developing a total imaging system that will give the best possible performance 
with a 3-m aperture. 

If the wavefront is nearly perfect, the performance will 
then depend on the diffraction. The outside diameter of the aperture has the 
most influence, but obstructions inside the aperture also affect the image. 
The selected design is a Cassegrainian system but with an obscuration that is 
as  small as feasible. The operational image quality of the LST will very 
closely match the diffraction pattern of the aperture geometry. 

The telescope selected will achieve this near perfect 
performance. It has a basic Ritchey-Chretien optical design to give very good 
performance over a 5-arc-minute data field and adequate performance over 
a 24-arc-minute guide star tracking field. The telescope will have a relatively 
fast f/2.2 primary to keep the structure short. The secondary will have a 
magnification of 5.5 to give a relative aperture of f/12 at the primary image 
plane. 

The primary mirror is one of the more critical elements 
in the LST. The choice of material for the primary mirror is Cer-Vit with an 
f/2.2 hyperboloid surface shape. The secondary mirror is less demanding 
but it too is a critical optical element. 
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The reflective coating reference design is aluminum 
overcoated with magnesium fluoride. It is designed to last the life of the 
instrument rather than to be recoated periodically. 

The techniques used to control stray light a r e  a sun- 
shade to permit use in sunlight and a well-designed but basically conventional 
interior baffling. 

There are a number of mirrors near the image plane to 
direct the light to the various instruments. Some of these will have a nonflat 
shape to correct the small but finite astigmatism at the edge of the data field. 
Other aspects of the optical elements associated with the auxiliary optical 
devices are discussed in those appropriate sections. 

(3) Thermal Design. To meet all of the system require- 
ments, a reference design for thermal control has been developed. This 
concept consists of active and passive elements, described below. 

(a) Active Elements. The principle of the reference 
design is to provide active thermal controls for the primary mirror, the 
secondary mirror, and the main support ring. Both the primary and secondary 
mirrors a r e  actively controlled to maintain them at or near their manufac- 
turing and figuring temperature. This approach is conservative; however, it 
reduces the potentially deleterious effects of coefficient of expansion variation 
over the 3-m aperture primary to values that a re  within the error  budget. 
Active control of both optical elements is based on the use of multizone, 
thermostatically controlled electrical heaters bonded to the rear  surface of 
the respective mirrors. 

While not an optical element,, the main support ring 
is considered to be sufficiently critical to telescope performance to warrant 
active thermal control. A s  it is the supporting member of the primary mirror 
and the instrument section and is fabricated from a more thermally sensitive 
material (titanium alloy) , active control is necessary. A s  in the case of the 
optical elements, the thermal control is provided by multizone thermostat- 
ically controlled electrical heaters. 

Although not part of the active thermal system, it 
should be noted that all of the active elements, the mirrors and the main ring, 
a r e  thermally insulated from their surroundings to the maximum extent 
possible by means of multilayer insulation (aluminized Mylar film) known as 
superinsulation. 
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(b) Passive Elements. The reference design includes 
passive thermal control of two kinds, superinsulation and external thermal 
control finishes. The supporting structure between the primary and secondary 
mirrors consists of a three-bay graphite epoxy composite truss from the main 
support ring forward. At the upper end of this structure, a spider is positioned 
to support the secondary mirror. The passive baseline concept provides the 
maximum thermal isolation possible for this supporting structure. The effect 
of thermal isolation is to reduce the orbital variations in truss structural 
temperatures to a level compatible with the system fixed focus operational 
requirement (dictated by primary-secondary spacing change) 

Thermal isolation of the truss is' accomplished by 
sandwiching it between two superinsulation blankets that are themselves 
supported by the internal light baffle and by the external meteoroid shell. 
The spider supporting the secondary mirror and its 5-degree-of-freedom 
mount is not insulated since the use of a thermal blanket in this area is detri- 
mental to system optical performance. 

The thermal control finish on the exterior meteoroid 
shell will provide a cold external environment for the LST walls to maintain 
thermal control of the active elements within the system at all times regard- 
less of solar orientation. However, i t  must be recognized that thermal finish 
property optimization has not been done. The allowable variation has been 
bracketed. Future study is necessary to establish an optimum finish that will 
reduce thermal power by increasing the external temperature level and pro- 
vide a heat sink for the active elements under maximum thermal loads. 

(4) Stabilization and Control. The present reference design 
provides within the telescope a fine tracking method capable of wider band- 
widths than the vehicle itself. This approach has the secondary mirror of 
the telescope moved by means of actuators. There are two advantages to 
moving the secondary mirror for fine tracking system capable of wider band- 
including the offset guide field, is moved as a unit, preventing significant 
defocus or differential distortion; (2)  the image position can be maintained in 
all f/12 planes in a closed control loop via the offset guidance. 

During the study program, the NASA Headquarters 
Astronomy Committee directed that the final 'image seen by the high resolution 
cameras have a means for structural drift compensation during long time 
exposures. Additionally, a means must be provided for positioning a fine 
spectrograph slit to at least 0.12 microradian (0.025 arc sec) with respect 
to any specific astronomical feature. 
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The present reticle concept replaced an earlier 
off set guidance concept, which relied upon mechanical devices such as lead 
screws 'wi+h-;br&ke-s ta-rememlaesc khe guide star C Q Q ~ & S  .dq,kng the expo- 
sure. The mechanical approach limits the telescope system to observing one 
object a t  a time, unless duplicate guide heads and drivers are used. The 
present guide concept places its reliance for stability and repeatability upon 
an all-fused-silica structure so that it will be possible to repeat guide head 
settings to 0.005 microradian (0.001 arc  sec) , permitting two o r  more 
objects per orbit to be observed with full resolution. 

The movable mechanical structures associated with 
the reticle guidance concept require only modest demands upon precision, the 
most precise being the tilting plate optical micrometer, which must resolve 
and repeat to one part in 4000. The reticle concept proposed has a sensitivity 
advantage since, unlike more conventional scanners that throw away half of 
the guide star's power, all the photons received are counted. 

(5) Alignment, Focus and Figure Control Design. 

(a) Alignment. In a classical Cassegrainian system 
with a parabolic primary and a hyperbolic secondary, the tilt of the secondary 
about the focus of the primary causes no aberration on axis (although the axis 
moves) because that point is also one focus of the hyperbolic secondary, and 
the secondary deflects any rays that would pass through that point to the other 
focus of the hyperbola. The equivalent neutral point for the Ritchey-Chretien 
design is found to be just inside the focus of the primary mirror. A tilt about 
that point gives no coma on axis, but astigmatism is introduced off axis. Thus, 
i f  the secondary positioning problem is perceived as  one of keeping this coma- 
free point on the primary axis and keeping the axes of the two mirrors  paral- 
lel, the penalty for decentering is coma and the penalty for tilt is off-axis 
astigmatism. 

The effect of tilting the secondary about its vertex 
is almost equivalent to a decentering at the neutral point. If tilt and decenter 
a r e  controlled by sensors with equal angular accuracy, the effect of tilt is an 
order of magnitude less than the effect of decenter. The calculated decenter 
sensitivity for the f/12-f/2.2 system is 0.00055 h rms  per micrometer. 

In terms of hardware components, because the tilt 
and decenter positioning of the secondary is critical relative to the primary 
mirror, the tilt and decenter sensors a re  mounted directly on the primary 
mirror and their targets a r e  mounted directly on the secondary mirror. 
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These sensors a re  two-axis alignment telescopes that generate an error signal 
if the beam returned from a reflecting target on the secondary is offset from 
the beam a s  i t  originates at the alignment telescope. Stability of 1 micro- 
radian (0.2 a rc  sec) has been achieved for a space-hardened long-life device 
with an aperture of approximately 40 mm. A s  a tilt sensor, the device is used 
as  an autocollimator reflecting from a flat mirror at the secondary. 

As a decenter sensor, the device is focused at the 
neutral point of the system, and the beam is reflected back upon itself by a 
spherical mirror mounted on the secondary with its center of curvature at the 
neutral point. Relative motion between the primary and secondary at the 
neutral point is measured directly with a positional accuracy equal to the 
alignment telescope angular accuracy times the distance from the alignment 
telescope to the neutral point (approximately 6.6 m) . Thus the centering 
accuracy of the alignment telescope can be expected to be 6 . 6  pm. When 
multiplied by the 0.00055 h rms per micrometer decenter sensitivity of the 
optical system, this indicates a sensor-limited centering accuracy of 0.0036 
h rms. 

The alignment sensors will be used to realign the 
secondary mirror before each observation; the LST thermal design is such as 
to limit the thermal drift of the structure to acceptable values during the 
observation. The sensors and targets can be directly mounted to the mirrors. 
Initial alignment and calibration is determined as  a final step in the mirror 
manufacturing process. Two sensors of each type a re  included for redundancy. 

(b) Focus. The optical system is designed for certain 
spacing between the vertices on the primary and secondary mirrors. If this 
spacing changes, rotationally symmetric aberrations a re  introduced, but more 
important is the defocus. In the final figuring of the secondary (against the 
primary) , the image is made aberration-free at  the nominal image plane. 
After that time, if the spacing is changed, degradation due to defocus may be 
serious while the addition of rotationally symmetric aberration is negligible. 
Defocus caused by motion of the secondary relative tot  he primary is 30 times 
that caused by an equal motion of the instrument package, indicating that the 
critical focus problem is maintenance of the mirror spacing- Monitoring focus 
change at the focal plane, however , permits compensation of thermally induced 
power changes in the mirrors. 

A lateral separation focus sensor in principle 
detects the absolute focus by autocollimation but in practice is suitable only 
for sensing changes in focus in a system such as the LST. Current devices 
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of this type measure focus changes of 0.006 h rms  a t  the wavelength of the 
focus sensor light source. Assuming a 900-nm light source, the focus sensor 
limit for the system at 632.8 nm is about 0.009 h rms. 

As in the case of the alignment sensors, it  is expec- 
ted that the focus change sensor will be used just before each observation. 
Other factors that limit the accuracy of focus are primarily thermal drift of 
the structure during an observation and the initial absolute focus accuracy. 

Absolute focus may be accomplished by through- 
focus runs of the focus-sensitive instruments. On-orbit determination of 
absolute focus is considered necessary because of the difficulty in determining 
the residual power of the large autocollimating flat that will be used in the 
ground alignment of the telescope. A through-focus run for the particular 
focus-sensitive instrument in question will not establish the best focus position 
as accurately as i t  can be determined interferometrically but has the advantage 
of being directly related to the image plane of the data instrument. 

(c) Figure Control. In regard to primary mirror 
figure control, the primary mirror is designed to retain i ts  optical figure in 
space without the use of the figure control actuators that bridge the space 
between the back of the mirror and the pressure bulkhead. Nevertheless, 
should there be some degree of unpredicted creep in the mirror, o r  should 
the thermal control system fail in a way such as  to cause a significant figure 
error  in the mirror, these actuators can be used to apply correcting forces 
to the back of the mirror. The commands to the actuators a r e  derived from 
the figure sensor information. 

Concerning figure control under ground test condi- 
tions, when the OTA is assembled and subjected to the influence of gravity, 
the figures of the primary and secondary mirrors must be controlled to the 
extent of making ground tests of the system meaningful. The secondary 
mirror mount has nine points of axial support so that the gravity sag is con- 
trolled to a large extent. The primary mirror mount is a three-point support 
which will require augmentation during ground test. One means of achieving 
such augmentation is through the use of the figure control actuators. 

(6)  Light Shield. A light shield will be extended for orbital 
viewing to exclude direct sunlight from the telescope and to reduce the inten- 
sity of scattered light from all sources at  the image plane. It was determined 
(see Chapter V) that a truncated light shield would be highly desirable for 
viewing in the solar hemisphere since the relatively large heat input from the 
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sun would overheat the primary mirror after relatively short observation 
periods and direct sunlight would interfere with faint source viewing. 

The reference design 45 degree truncated light shield 
which extends 6.76 m (270 in.) forward of its stowed position was incorpo- 
rated. The light shield is made of aluminum alloy; deployment is by means of 
motor-driven tubular members. These members are wrapped on storage 
drums; when they are extended, they form slotted tubes. There is no rotation 
of the light shield with respect to the OTA. 

c. Scientific Instrument Package (SIP). The SIP is an energy 
selection, analyzing, and processing system that has been tailored to match a 
3 m diameter, f/12 Ritchey-Chretien-type telescope. Energy reaching the 
focal plane is selectively imaged on a variety of detectors or spectrographs. 
The selection and design of the individual instruments is the result of pre- 
liminary tradeoff studies of several system configuration concepts. 

(1) Configuration. The general SIP configuration is shown 
in Figure IV-10. The basic structure consists of three rings which a re  tied 
together by trusses to provide bending and torsional stability. All  of the 
imaging detectors can be replaced and accurately repositioned without 
removing the associated optical elements o r  affecting any other subassembly 
of any instrument. The instruments located between the second and third rings 
are  removed axially and the instruments between the first and second rings a re  
removed radially. The configuration of the unit mounting pads is designed to 
allow for maximum variation of instrument configurations and growth. An 
additional instrument position is provided for adding a supplemental, redun- 
dant or "yet to be conceived" instrument. 

(2)  Instrument Package Effectiveness. The instruments a re  
capable of operation for longer than the precursor LST mission lifetime of 5 
years with maintenance of the life limited items. To facilitate the extended 
life of the LST instrumentation, the package has built-in features such as 
independence of instrument assemblies and subsystem accessibility despite 
the apparently dense packaging. The accessibility of the modules permits 
periodic maintenance and repair in orbit with the particular advantage of 
ready replacement of outmoded instruments. Peltier thermoelectric devices 
a re  utilized to cool the critical portions of the cameras. 

(3) Instrument Complement. Current scientific objectives 
and technological capabilities - existing or anticipated - have, to a large 
extent, led to the tentative inclusion of the following instrumentation subsys- 
tems into the SIP: 

IV-28 



o m w  
0 0 0  
o ( r  

I +I- 
o z o  
N - W  

Uv) 
N - C O  

IV-29 



1. High spatial resdlution camera, f/96. 

2. Two high resolution spectrographs. 

3. Three faint object spectrographs. 

4. Fourier interferometer. 

5. Wide field camera, f/12. 

The instruments described here are not to be construed 
as  the final choice of instrumentation for the LST. Rather, as chosen, they 
represent a reference design configuration. 

A functional block diagram of the SIP is shown in Figure 
IV-11. The figure sensors and focus sensors a re  included in  this diagram; 
however, their functions a re  associated with the OTA. The fine pointing sen- 
sor is also included under the control of the ACS system of the SSM. 

(a)  High Spatial Resolution Camera Assembly (f/96). 
The f/96 camera is a cross-shaped cylinder mounted to the outboard side of 
the SIP structure. The camera contains three sensors from which the experi- 
menter can choose for response in  a particular spectral range of interest or, 
by successive observations, explore the total available spectral range. The 
spectral bands o r  ranges a re  a s  follows: 

1. Range I - 115 to 300 nm. 

2. Range II- 160 to 600 nm. 

3. Range III - 500 to 1100 nm. 

Each of the three sensors is provided with a filter 
select mechanism which permits the inclusion of up to four spectral filters. 
The positioning of the f/96 energy bundles on the desired sensor's cathode is 
controlled by the mirror select and drive assembly. A shutter capable of 
occulting the energy entering the sensor area is provided to protect the sen- 
sors and to permit measurement of sensor dark noise. 

(b) High Resolution Spectrographs. The two high reso- 
lution spectrographs a r e  nearly identical instruments; one covers the spectral 
range of from 110 to 180 nm and the other the spectral range of from 180 to 
350 nm. The major differences in the instruments a re  the grating ruling fre- 
quencies and the photocathodes of the detectors. 
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The two spectrographs are the largest of the instru- 
ment group and are located in the aft section of the SIP. Instrument selection 
in the aft section is accomplished by first offsetting the LST so that light from 
the object of interest passes through the slit. Then the off-axis collimator is 
rotated to the position which directs the light to the selected Echelle grating. 

(c) Faint Object Spectrograph. The faint object spec- 
trograph, with a resolving power of lo3, covers the spectral range from 110 
to 1000 nm with three instruments. The first is a single dispersion instru- 
ment which covers the range from 110 to 220 nm using two interchangeable 
gratings to break up the spectrum into two intervals, 110 to 160 nm and 160 
to 220 nm. This unit is located in the aft section of the SIP-with the high 
resolution instruments and is accessed with the same collimator mirror. 

The other two units which complete the faint object 
spectrograph use the same package outline and are smaller than the first. 
These instruments are located in the forward section of the SIP and each is 
accessed by a small pickoff mirror located about 0.3 mr off axis. The tele- 
scope is offset to select one of these mirrors. The second instrument covers 
the spectral range from 220 to 660 nm. It contains a dichroic beam splitter 
which reflects the light in the 220 to 350 nm range and transmits the light in 
the 350 to 660 nm range. 

The third instrument of the faint object spectro- 
graph is a single grating version of the previous instrument with a grating 
selected to cover the range of from 660 to 1000 nm. This instrument requires 
a IU-V photocathode, which is presently early in the development cycle. 

(d) Mid-LR Interferometer Assembly. The lack of non- 
cryogenic vidicon tubes capable of efficient operation in the middle infrared 
range (1 to 5 pm) and the lack of efficient dispersive systems for that range 
lead to a choice of a modified Michelson interferometer. The interferometer 
is used to generate the interferogram of the source. A Fourier transform 
program, performed by ground computer , converts that interferogram into 
the power spectrum of the source. 

(e) f/12 (Wide Field) Camera. The f/12 camera is a 
single instrument designed for the initial survey of the vicinity of the experi- 
ment target. This application dictates the largest possible field of view, 
permitting the observation of known constellations or star groups. For the 
purpose of mapping these targets, a second requirement evolves, which is 
sensitivity and resolution. 

The wide field camera is at  the Cassegrainian focus 
of the telescope and receives its light after only three reflections. The camera 
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is accessed by offsetting the telescope. The light passes through the large 
hole in the main diagonal to the second diagonal, which reflects the light to the 
50 mm square photocathode. 

(4) Ancillary Subsystems. 

(a) Slit Jaw Camera. Neither of the three spectro- 
graphs is equipped to acquire a target's image nor to hold an image in its slit. 
With the aid of the field select mirror assembly, the latter image acquisition 
and maintenance is performed by the slit jaw camera. The camera views the 
target field, which has already been imaged in the immediate vicinity of the 
spectrographic slit, and displays that view at a remote (ground) station. The 
experimenter analyzes the display and, if necessary, originates the appro- 
priate orientation commands to position the target's image into the slit, ad- 
mitting light to the spectrograph. 

(b) Field Select Mirror Assembly. 
telescope focal plane, the field select mirror assembly is an array of mirrors 
that apportions the field of view among the various instruments. The com- 
pletely passive role of this assembly is its most important attribute. It 
consists of about a dozen different mirrors whose principal requirement is to 
stand perfectly still. 

Located near the 

(c)  Supporting Mechanisms. Supporting mechanisms 
located throughout the SIP serve a variety of functions. The following list 
gives these supporting mechanisms and their functions. 

1. 

2. 

3. 

4. 

5. 

Instrument Mechanism Function 

Spectrograph Selector Rotate off-axis paraboloid collimator; 
four positions 

Select grating for wavelength range; 
two positions 

Rotate slit discs; four positions 

Select filters for three f/96 cameras and 
one f/12 camera; includes fail-safe 
return to open position 

Camera select mirror; two at two 
positions (alternate design) 

Faint Ob j ec t Spectrograph 
0.11 to 0.220 pm 

Three Slit Changers 

Four Filter Selectors 

F/96 Camera 
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(5) SEC-Vidicon Camera Tube. The secondary electron 
conduction (SEC) vidicon is selected as the uniquely qualified camera tube 
type for LST/SIP applications. This tube has completed an extensive develop- 
ment cycle and environmental tests on the 50 by 50 mm format are in process. 
The efforts which remain are optimization of the tube and its electronics into 
a flight configuration o r  actually into two configurations for the 25 by 25 mm 
and 50 by 50 mm formats. Additional work is also required on target improve- 
ment, i. e., achievement of higher gain and greater capacity. The first 
reduces the effect of amplifier noise while operating on the dimmest targets; 
the second permits higher data quality in a single exposure by increasing the 
number of electrons collectable without target saturation. 

d. Support Systems Module (SSM) . The SSM interfaces structur- 
ally and electrically with the OTA and provides the OTA and the SIP with elec- 
trical power, communications and data handling, environmental control, 
course attitude sensing and control, launch vehicle structural and electrical 
interface, and docking structure for on-orbit servicing or  retrieval by the 
Space Shuttle. 

The SSM is primarily a cylindrical structure with a total 
length of 5000 mm (197 in. ) and an inside diameter (ID) of 3300 mm (130 in. ) 
(Fig. IV-12). The aft end is a shallow cone ending in a standard androgynous 
docking assembly. 

The LST support systems contained in the SSM a re  structures, 
thermal control, electrical, communications and data handling, and attitude 
control. The components of these systems have been arranged so as to pro- 
vide ease of astronaut maintenance while permitting adequate thermal control 
of these systems as well as the SIP. 

(1) Structure 

(a) Dimensions. All  layout drawings give dimensions 
in both the International System of Units (SI) and English units; millimeters 
are given first, followed by inches in parentheses. It should be pointed out 
that in the layout drawings the basic dimensions a re  not given as  a result of 
a direct mathematical conversion from millimeters into inches for the 
following reasons. To whatever measuring system a structure is designed 
and built, the basic dimensions, as a rule, will be selected to be reasonably 
round figures. A mathematical conversion from such figures into a secondary 
system will result in inconvenient and frequently even unrealistic figures in 
the latter. Furthermore, a structure can be built in one system only; any 
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figures pertaining to a secondary system will only serve as a means for more 
general understanding. Therefore, the dimensions in the layouts are rounded 
off so as to give expectable figures in either system. The deviations from the 
mathematically correct conversions are held to less than 5 mm. 

(b) Description. The SSM (see Fig. IV-6) provides a 
pressurized environment to allow SIP maintenance by two astronauts without 
space suits and is also used to carry forces and moments as required by the 
various flight and operational conditions. The SSM is essentially a cylinder 
of 5000 mm (197 in. ) in length and 3300 rmn (130 in.) ID (Fig. IV-13). It 
is an aluminum structure consisting of a stiffened, pressurizable shell pro- 
tected by a meteoroid shield. Its forward end is bolted to a ring which, to- 
gether with the honeycomb bulkhead, forms the structural base of the OTA. 
The aft end of the SSM is formed by a conical structure which also provides 
the tie-in to the docking structure. The conical section is protected by a 
meteoroid bumper. The hatch opening of the docking structure has a diameter 
of 1015 mm (40 in. ) . During orbital operations that opening is covered by a 
meteoroid shield for protection of the SSM interior. 

A solar array, consisting of two wings of stiffened 
panels which fold around the SSM for launch, is mechanically extended upon 
deployment (see Fig. IV-6). The same mechanism that extends the wings 
may be used to retract them to permit the LST to be taken into the Shuttle 
payload bay for earth return. The solar array can be rotated about the Y-axis 
to maintain an optimum orientation to the sun. 

The various systems components in the SSM have 
been arranged to provide the least interference with the astronaut during 
maintenance operations and to permit adequate thermal control of the SIP as  
well as the subsystems. As  many components as  practical were placed on the 
inside surface of the aft cone between the docking port and the cylindrical 
section. The remainder were placed in four longitudinal columns a s  far aft 
as  possible along the wall of the cylindrical portion of the SSM. The locations 
of the components were determined by thermal requirements ; those with higher 
allowable operating temperatures were placed on the sun side, while those with 
lower temperature limits were placed on the anti-sun side. The four columns 
are  45 degrees awayfrom the instrument packages on theS[Pso that the astro- 
naut is provided a maximum clearance for package replacement. This 
arrangement also allows for heat radiation from the SIP with a minimum of 
interference from the support system components. Preliminary analysis 
indicates that the configuration shown provides adequate working space and 
acceptable system temperatures. 
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(c) Titan Constraints Upon Reference Design. The 
aerodynamic shroud [Viking standard 17.06 m (56 ft) shroud] dynamic enve- 
lope limits a 3680 mm (145 in. ) diameter LST to 12 700 mm (500 in. ) length 
and also requires an aft cone for SSM stiffening and for support of the shroud. 
Figure IV-14 shows how the LST uses almost all of the available shroud 
volume. Figure IV-15 shows how the aft cone remains with the LST space- 
craft. The Shuttle recovery requirement means that the fittings for such 
recovery must also be included for the Titan launch. If the Titan launch 
requirement were to be removed, the Shuttle launch, using a swing table, 
would permit a longer and more massive LST with a larger diameter. The 
Titan launch limits LST size and requires shro~d/LST orientation to clear 
the Shuttle tie-points. The alternate graphite-epoxy shell OTA would permit 
a longer LST for Titan launch. The aft ring Shuttle tie-point probably must 
be provided with some thermal protection for the Titan launch because it 
extends clear of the shroud. 

- SHROUD SEPARATION PLANE - U T  / OAS SEPARATION PLANE 

Figure IV-14. LST Titan launch configuration. 
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(2) Thermal Control 

(a) System Description. The function of the SSM ther- 
mal control system (TCS) is to maintain the equipment located in the SSM 
within prescribed temperature limits through all mission phases. System 
design must also allow for dissipation of heat from the SIP through the walls 
of the SSM. Thermal control is accomplished through the use of the following 
components and features (Fig. IV-16): 

1. Paint. 

2. Radiator Plates. 

3. Louvers. 

4. Twenty-four - layer External Insulation. 

5. Polished-Aluminum Sheet. 

6. Thermostatically Controlled Heaters. 

7. Favorable System Component Grouping. 

8. Isolated Battery Compartments. 

Thermal control of the OTA is accomplished 
through the use of multilayer insulation, thermal control coatings, and ther- 
mostatically controlled heaters (Fig. IV-16). Thermal control of the SIP is 
achieved by the use of heaters and Peltier thermoelectric devices within the 
SIP and radiation of heat from the SIP to the walls of the SSM (Fig. IV-16). 

Temperature control is achieved by establishing a 
heat balance between the absorbed radiation (solar, albedo, and earth), 
internal heat dissipation, and emitted energy. High efficiency multilayer 
insulation, thermal covers, and coatings minimize the effect of large varia- 
tions in incident radiation caused by changes in orbital parameters or LST 
orientation. 

Components such a s  the batteries that experience 
large variations in internal heat dissipation during an orbit a r e  placed in 
compartments separated from the other electronic equipment. Their heat 
balance is closely controlled with separate louvers, radiating surfaces, and 
heaters. 
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A small amount of thermal control heater power is 
provided to certain components that may require a warmer environment than 
that provided by adjacent equipment. Commandable standby heaters are also 
placed on major heat dissipating system components to maintain a constant 
observatory heat dissipation, should it be necessary to turn off units for 
extended periods of time. The standby heaters do not impose an additional 
power load because they use power made available when components are 
turned off. 

The amount of heat emitted from the SSM is con- 
trolled by the treatment of the surface on the pressure shell. Variations in 
heat absorption and dissipation that might result from orbital excursions are 
attenuated by these treated surfaces and b j  the meteoroid shield. The sur- 
faces a r e  designed to maintain the observatory thermal balance under long- 
term orbital, seasonal, and orientation conditions, a s  well a s  to provide 
flexibility to respond to changes in thermal requirements that may be identified 
during development. 

During transient eclipse and short-term off-point 
modes, the thermal inertia of the LST greatly facilitates temperature control. 
This inertia also serves to maintain temperature control during short-term 
boost and transfer orbit conditions when incident heating and internal heat 
dissipation conditions a re  not within long- term orbital design values. 

(b) Hardware Description. The items described as  
follows - louvers, insulation, paint, and heaters - represent the total 
thermal control hardware deliverables. Table IV-4 lists the SSM TCS hard- 
ware with corresponding descriptions and performance characteristics. 

Each SSM louver assembly consists of four separate 
blades. The louver design is similar to that used on the High Energy Astron- 
omy Observatory (HEAO) . Each louver assembly is placed on the battery 
baseplate external surface and views the pressure shell. Bimetallic actuators 
sense the local battery baseplate temperature and provide the torque to rotate 
the louver blades. The bimetallic springs a re  thermally coupled to the base- 
plate by anchoring the frame to the baseplate, painting the bimetal, isolating 
the louvers with fiberglass shafts, and insulating the actuator housing. 

The insulation installation techniques are similar to 
those of other spacecraft. The insulation material is 24-layer aluminized 
Mylar. All the blankets are made in sections to fit around the spacecraft 
between the pressure shell and the meteoroid shield. Venting occurs through 
the gaps and perforations in each layer. The perforations a re  staggered to 
avoid radiation heat loss. 
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A thermal barrier is maintained between the SIP 
and the SSM compartments by a polished aluminum sheet, with the polished 
surface facing the SIP (Fig. IV-17). This was used instead of a thermal 
blanket to eliminate the need for an insulation purge due to moisture con- 
tamination during manned maintenance. 

Zinc orthotitanate ( Zn2Ti04), a high-emittance 
white paint, was selected as a design reference for use on the SSM external 
surface. This paint, one of many being tested on the Skylab program, was 
chosen because of its low C ! / E  ratio and low degradation alpha value of 0.005 
per year. As  a backup to the Zn2Ti04 paint, a mosaic of optical solar reflec- 
tors (OSR) and white paint could be used. 

The heaters a re  standard, flexible strip heaters 
that can be bonded to a conducting surface with a low outgassing room tem- 
perature vulcanizing (RTV) adhesive. The heaters a re  available in wattages 
from 1 to 10  at 28 volts. Heaters are-enabled by command, after which turn- 
on is controlled automatically by a standard snap-acting thermoswitch. The 
number, size, and setting for the heaters are  to be determined. 

(3) Electrical System 

(a) General Concepts. The LST requires an electrical 
system to accomplish the functions necessary during the various phases of the 
mission. For this Phase A study i t  was assumed that the LST consists of 
three physically and electrically separable parts - the SSM, the SIP, and the 
OTA. Because of its role and position in the vehicle, the SSM section of the 
electrical system provides the primary system functions and accomplishes 
integration. 

The electrical system includes two subsystems: 

1. Electrical Power Subsystem (EPS) . 
2. Electrical Distribution Subsystem (EDS). 

The electrical system also has intimate interfaces with the following systems 
and subsystems: 

1. Communications and Data Handling Sys tern 
( C& DH) . 

2. ACS. 
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3. TCS. 

4. RCS. 

5. OTA Electrical Subsystem. 

6. SIP Electrical Subsystem. 

The electrical system configuration was primarily 
influenced by the configuration and electrical requirements of the LST, the 5 
year mission, the high reliability needed, and the considerations given to cost 
and maintenance. Critical components and networks were made redundant 
because they determine the probability of mission success based on the prac- 
ticality of in-space maintenance. Low cost rather than mass and performance 
optimization was of primary importance in the selection of design concepts. 
Existing technology has been used throughout. 

Since very little of the reference hardware has been 
qualified for the life and reliability required for the LST, maintenance is 
essential to achieve mission objectives, especially when components with 
known life limits a re  considered. 

The simplified block diagram of the electrical 
system, given in Figure IV-I8 shows the major components of the EPS and 
the EDS to be described. 

(b) Electrical Power Subsystem. The EPS must 
furnish power to all the LST electrical loads and must satisfy system losses 
during orbital operations. The preliminary load analyses discussed in 
Chapter IV of Volume V determined the following requirements: 

1. Orbital Average Power 1283 watts 

2. Orbital Period 96.9  minutes 

3. Max. Occultation Time 35.5 minutes 

4. Peak Power (short term) 1785 watts 

5. Voltage a t  Loads 28&% Vdc 
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The reference EPS has a peak power rating of 2700 watts and is designed for 
an orbital average of 1500 watts, which provides a margin of 217 watts for 
potential load growth. The system operates at  an efficiency of 77.8 percent, 
including energy storage and distribution losses. 

Except for its size and the features required for 
adaptation to the LST, the EPS is a conventional solar-array battery system, 
with power conditioning and output series regulators to control voltage. 
Design and performance criteria determined for existing hardware modules 
and qualified components have been used for establishing concepts and sizing 
the system. 

The EPS configuration, power conditioning, energy 
storage, and the solar array a re  discussed in the following paragraphs. 

A centralized series regulator configuration was 
used because it simplifies: (1) accounting for power conditioning losses 
during Phase A, (2)  preliminary design of solar arrays and batteries, and 
(3)  power management. Configuration tradeoffs indicated small differences 
in performance affecting battery and array size and costs. The advantages 
of a given configuration depended on subtle differences such as  the ratio of 
regulated to unregulated loads, use of array maximum power, charge con- 
trol, and the voltage tolerance of specific loads. Depending on power inter- 
face management, the centralized concept appears to be the most cost effec- 
tive. 

Six regulator assemblies, each rated at 750 watts 
and 28 Vdc, provide ample peak capacity and inherent overload protection of 
the primary power sources. Power regulated at 28&2%0 Vdc is delivered to 
the main buses for distribution to loads. These units a r e  sized so that three 
can sustain the full LST load. In the event of more serious load or regulator 
faults, the EDS cross strapping favors the critical loads that could jeopardize 
recovery and maintenance. Considering the very remote chance of such con- 
ditions, one regulator assembly is sufficient to support critical loads. 

Energy is stored during sunlight periods of the 
orbit by six rechargeable, nickel-cadmium battery assemblies. To assure 
reliable charge control for a wide range of load and environmental conditions, 
six charger assemblies - one dedicated to each battery - receive and con- 
dition power from the solar buses and deliver the necessary recharge power. 
Maximum power tracking networks permit the chargers to use the maximum 
power available from the array when needed. Should solar array power 
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become limited, as  may occur during off-sun roll maneuvers, the chargers 
will assure that load demands are first met before recharging the batteries. 

Each battery assembly consists of 24 series cells, 
and is nominally rated at 29 Vdc, 30 ampere-hours. Three cells in each 
assembly are four electrode types to provide redundant charge status infor- 
mation to the chargers. Temperature sensors incorporated in the battery 
assemblies provide telemetry information for power management and feedback 
to the chargers for compensation of charge control with temperature. The 
energy capacity of the six batteries is 5400 watt-hours compared with the 
normal IST design requirements of 1024 watt-hours per orbit when the array 
orientation to the sun is maintained. Thus the average depth of discharge will 
be 19 percent. With the temperature maintained at 
trol, a battery cycle life in excess of the 2 years is expected. 

C by thermal con- 

Polarimetry-type experiments requiring the vehicle 
to roll can cause the need for additional battery energy. Such requirements 
a re  discussed in Volume V, Chapter IV. 

The LST mission and configuration constraints 
require a deployable solar array that can be sun oriented to minimize area 
and costs. The reference array consists of two boom-mounted wings attached 
to the aft end of the SSM. The location was selected because i t  provided the 
best thermal conditions, minimized reflection influence, and minimized 
interaction with the sensitive telescope structure. It was later determined 
that this location did not cause significant control problem or  penalties. 

Each wing is composed of 12 honeycomb substrate 
modules on which solar cells a re  mounted using flat laydown techniques. The 
modules a re  connected together to form six rigid, hinged panels which fold out 
when the boom is erected. Torsion rods effect foldout and a motor-cable 
system accomplishes retraction. The array configuration and mechanisms 
a re  highly sensitive to the LST configuration and the shroud constraints of 
the alternate Titan launch vehicle. For this reason the array panels wrap 
around the LSTfor launch storage and are secured to structural brackets which 
protrude from the SSM skin above the thermal and meteoroid shielding. 

Two degrees of freedom are  needed to orient the 
solar array to the sun. A solar array with a single degree of rotational 
freedom about the vehicle Y-axis was selected for simplicity and low cost. 
The second degree of freedom is provided by controlling the vehicle roll 
position about the X-axis. With a roll freedom of 180 degrees, the vehicle 
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Z-axis can be maintained sunward and the array can be oriented with a mini- 
mum rotational freedom of 135 degrees. Allowing a limit tolerance, the 
rotational freedom was set at 145 degrees to satisfy orientation requirements. 
Thus the positional limits of a vector normal to the array with respect to the 
X-axis will be 175 degrees to 320 degrees. 

Orientation mechanisms a re  interlocked so they 
cannot be energized prior to array wing deployment. Once the wings are 
erected, controlled motor-gear drive assemblies attached to the cylindrical 
booms and located in the SSM achieve rotation. Dry impregnated, space- 
proven bearings, located within the drive assemblies and on the shroud and 
mounting support structure of the SSM, permit rotation and afford adequate 
support for the large wings. 

Continuous orientation of the solar array is not 
required and is avoided to eliminate motional disturbance that could interact 
with the highly sensitive attitude and stabilization controls of the LST. Array 
orientation, therefore, is initiated by ground command via the transfer assembly 
prior to the start of an observational o r  experimental period. The array will 
then be positioned within &5 degrees of the sunline. 

An average array power of 3054 watts is required 
to support the 1500 watt design load during maximum occultation orbits. The 
reference array has an end-of-mission (EOM) rating of 3161 watts at the 
average design temperature of 63" C. Using the most cost effective 2 by 4 cm 
silicon solar cells and protective coverstides, 40  440 cells were required for 
adaptation to the array configuration constraints. Symmetrical arrangement 
and standard modules were maintained in determining the number of cells 
required. Allowing adequate area for cell spacing and panel attachments, the 
total panel area of the array was 3 8 . 1  m2. The array was designed for a 5- 
year life because it is not a good, practical candidate for maintenance or 
replacement in space. 

( c) Electrical Distribution Subsystem. The integration 
nature of the EDS requires it to be compatible withthe subsystem concepts and 
the electrical and tocational requirements of the items it services. The size of 
the EDS is primarily determined by the capacity required, the peak power, 
data, and conk01 demands, the need for versatility and growth, and the 
redundancy provided for reliable operation. The maintenance and checkout 
accommodations also influence the configuration. The test and maintenance 
support network is discussed under interfaces. 
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The EDS provides three levels of distribution 
similar to a utilities system for protection, control, and versatility. The 
three power networks are as follows: 

1. Power Transmission Network - Transmits and 
controls primary power between sources, primary buses, and power assem- 
blies. This network consists of distribution and junction assemblies, power 
controls, protective devices, transmission cabling, and interface devices. 

The two solar power distributors (SPDs) con- 
trol the major part of the transmission network. Each SPD receives power 
from six cables servicing one solar wing. The wing is electrically segmented 
into 6 panels and 12 modules for redundancy, protection, and maintenance 
reasons. Controlled contactors within the SPDs direct primary power along 
redundant primary buses to EPS components, such a s  the chargers and array 
orientation power supplies, and to electrical control assemblies ( ECAS) , 
which service the main distribution network. Monitoring and protective 
features within the SPDs guard the integrity of the primary buses and provide 
the capability of routing primary power over alternate channels. Remote 
electrical management of the power transmission network is accomplished via 
the ECAs or, when in a maintenance or checkout status, by the SPD interfaces 
with the LST umbilicals. The remote command decoders (RCDS) providing 
commands to the EPS a re  located in the ECAs. 

Signals from instrumentation provided to moni- 
tor the array performance, orientation, and network status a re  also accumu- 
lated by the SPDs. This information is tranferred to the EPS data acquisition 
units (DAUS) for telemetry to ground. 

2. Main Distribution Network - Receives and 
centralizes power from the EPS power assemblies and controls main power 
feeders. It distributes regulated power to decentralized secondary distribu- 
tion units sectionalized on a subsystem basis. 

The main distribution network centers about the 
two ECAs that house redundant buses, cross ties, switchgear, controls, and 
protective devices needed to assure reliable distribution and control of the 
network. Redundant cabling assures each subsystem access to power. Input 
switching provides several channels to redundant EPS power sources in the 
event an EPS assembly becomes faulty, Overload and low voltage protection 
is provided for EPS equipment and the loads are protected against open circuit 
and high voltage faults. 
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The decoders and data units in the ECAs provide 
the major command and data interfaces for the EPS and distribution networks, 
thus permitting remote operational control. Such provisions also enhance the 
protection afforded to assure a reliable life. System integrity is monitored in 
sections for the various possible faults. Should a fault be indicated, the net- 
work responds to isolate the faulty section immediately. Depending on the 
loads involved and system conditions, subsequent corrective action occurs. 
For loads considered critical to the survival or  recovery of the spacecraft, 
the network establishes redundant channels and/or sources to sustain the load 
or its alternate, as the case dictates. For less critical loads, isolation 
occurs and is indicated by telemetry to ground, awaiting corrective action by 
remote command. Also, provisions a re  made to override isolation switching 
by command. This enables diagnosis of system conditions and assures that a 
fault in a protection device does not cause premature termination of operations. 

Protection against RF and conducted interfer- 
ence is provided in all networks to assure trouble-free operation. The ECAs 
incorporate transient suppression devices, accommodate the shielding 
requirements of distribution cabling, and provide for insertion of additional 
network filtering as  needed. Consistent with reliable grounding schemes, 
discussed in Chapter IV of Volume V, the ECAs provide the single-point 
ground for the entire system. 

3. Secondary Distribution Network - Consists of 
Electrical Distribution Units ( EDUS), cabling, and the test and control 
interfaces established to provide decentralized, highly adaptive distribution 
service for the various subsystem loads and requirements. 

The LST subsystem power and hardwire inter- 
faces with the EDS are  primarily accommodated by the eight redundant EDUs. 
These a re  consistent with the system redundancy and subsystem requirements 
determined to date. However, system concepts allow the versatility of adding 
or  subtracting EDU modules as  the system design matures. 

Each EDU consists of an input module and one 
or more output modules a s  required. The inputs a re  standardized for common 
interfaces with the electrical distribution subsys tem. Electrical inputs from 
ECAs, RCDs, and test cable are provided. Output modules consist of a 
family of adaptable subassemblies selected to satisfy specific requirements 
of each subsystem. The modular construction of the EDUs is consistent with 
that of the RCDs and DAUs so that they may be grouped as one functional 
assembly when needed. 
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To complete the system protection scheme, the 
EDUs provide fault and electromagnetic interference protection for the major 
individual loads in the subsystem that interface with the power networks. 
Power items to be operated by command a re  energized by the EDUs. Such 
command received via the RCDs activate the proper power switching controls. 
Power semiconductors and relay matrices available in the EDU output modules 
can be used to produce parallel or subcontrolled stimuli from the serial 
commands. 

(4) Communications and Data Handling. The design guide- 
lines (Chapter II) for the C& DH system were derived from the system 
requirements of the OTA, and the SSM. The design reference C& DH system 
contains all the equipment required to manage the flow of data to and from 
the LST, SIP, and SSM. This includes the receipt, processing, and execution 
of real-time and stored commands; the processing, formatting, storage and 
forwarding for transmission of all diagnostic and status information from all 
LST systems and subsystems; and the routing of scientific data for trans, 
mission to ground stations. Primarily this system is concerned with accom- 
plishing three functions: 

1. Communications Link Between LST and Ground. 

2. Command Distribution. 

3. Data Acquisition and Storage. 

(a) Communications Link. The ground network being 
utilized for the LST mission is called the spacecraft tracking and data network 
(STDN) and is composed of stations from the Manned Space Flight Network 
(MSFN) and the old Space Tracking and Data Acquisition Network (STADAN) 
system. Only’stations with unified S-band (USB) capability were selected for 
this mission. Six stations were selected to provide support in tracking the 
spacecraft, commanding the spacecraft, and retrieving data from the space- 
craft in real and near-real time. A block diagram of the LST onboard C& DH 
system in shown in Figure IV-19. 

The reference communications system configuration 
shown consists of two transponders, a USB transponder called the engineering 
data transponder with a capability similar to that of the Apollo transponder 
and a modified ERTS transponder (proposed for the HEAO-C) called the 
scientific data transponder. The engineering data (PM-FM) transponder and 
scientific transponder combination provide a flexible communications system. 
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The P M  receiver-transmit capability of the engineering transponder is 
required for tracking to match the ground station PRN ranging capability in 
the P M  mode. The transponder also provides the P M  data downlink for 
command verification, spacecraft housekeeping and slow television. The 
scientific transponder provides the high data rate (1 megabit/sec) downlink 
for the star field camera data. 

Two conical spiral antennas are utilized to provide 
47r sr coverage. One antenna is positioned on the end of each solar array. 

(b) Command Distribution. The command distribution 
system of the LST consists of a command processor, a command memory, 
and eight addressable command decoders. This system is dedicated to pro- 
cessing two major types of commands: real-time and stored. Upon reception 
from the ground, real-time commands are sent directly to the command 
decoders for processing. The stored commands, however, 'are intercepted 
by the command processor and stored in the command memory. When the 
time tag of the stored command agrees with the real-time systems clock, the 
11 bit command is put onto the command bus and acted upon as  a real-time 
command. 

(c) Data Acquisition and Storage. The Data Acquisition 
System accepts both analog and digital data (status and diagnostic) from the 
OTA, SIP, and SSM equipment. These data can be handled in one of two 
modes. In the real-time mode the data a re  taken directly from the DAU, 
formatted, and sent to ground at a rate of 51.2 kbs. In the stored mode, data 
a re  stored on magnetic tape at a rate of 1.6 kbs until time for transmission to 
the ground stations at the 51.2 kbs rate. 

Scientific data are acquired in the majority of cases 
by utilizing SEC vidicons. The distinguishing characteristic of this tube is its 
ability to store images for several hours. This quality enables the SEC vidi- 
con to integrate for hours on high magnitude (dim) stars and store the data 
until ground contact is acquired. 

This tube storage capability negates the require- 
ment of a mass memory for storing frames of scientific data. The information 
may be read directly from the tube and transmitted to ground. A single frame 
of data held on a tube possessing a 50 mm by 50 mm format with 60 cycle/mm 
resolution can be transmitted to ground in 10  minutes at an approximate rate 
of 1 megabit/sec. 
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(5) Attitude Control System. The LST/SSM spacecraft 
ACS has been configured to satisfy the following requirements: 

1. To provide the capability for viewing any source on 
the celestial sphere at any time while satisfying sun, moon, and earth avoid- 
ance constraints. No observations will be made when the telescope line of 
sight *( LOS) is within 45 degrees of the sun or within 15 degrees of the limb of 
the earth o r  moon. 

2. Spacecraft coarse pointing accuracy 

a. Two axes -f 30 a rc  seconds, 3 (T . 
b. About LOS - f 0.1 degree, 3 (T . 

3. Spacecraft fine pointing accuracy - Three axes - f 1 
arc  second, 1 (T , using the OTA offset find guidance sensing system. 

4. Fine pointing accuracy (experiment LOS) - Two 
axes - f 0.1 a rc  second, 1 (T (LOS relative to guide s ta r  locations). 

5. Image motion stabilization 

a. Two axes - 0.005 arc second, 1 (T , using OTA 
offset fine guidance system. 

b. About LOS - f 1 arc  second, 1 (T . 
6. Maneuvering 

a. 60 degrees in 40 minutes required. 

b. 90 degrees in 5 minutes to be considered. 

7. To provide momentum accumulation capability for 
a minimum of one orbit during experimentation without desaturation. 

(a) Primary System. Figure IV-20 is a functional 
block diagram of the design reference ACS with a complete complement of 
sensors, actuators, and interface equipment to perform all phases of the LST 
mission. Also included in this block diagram are the key interfaces with the 
LST OTA/SIP system components. These interfaces are critical to estab- 
lishing and maintaining IDS stability and a r e  discussed further in Volume V. 
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The three fixed s tar  trackers ( FSTS) a re  oriented 
in the Y-Z plane as shown in Figure IV-21. Normally, two are  active with 
the third in a redundant standby status. When the FSTs a re  operated in this 
manner, approximately 99 percent coverage of the celestial sphere is attained 
with the capability of providing three-axis attitude e r ror  signals. The accu- 
racy of the trackers has been selected to adequately align the telescope LOS 
so that preselected guide stars will appear within the coarse field of view 
(FOV) of the fine guidance system (FGS) located within the OTA. 

Five coarse sun sensors (CSSs) are  included. 
Coverage of 47r sr is provided for sun acquisition and emergency sun acquisi- 
tion. Two of the CSSs a re  located on the solar wings (one per wing) and pro- 
vide monitoring of solar panel offset with respect to the sunline. 

The reference gyro-assembly (RGA) consists of 
six gyros in a skewed dodecahedron configuration along with the necessary 
support electronics. In normal operation, four gyros a re  active and two are 
in a redundant standby mode. 

A magnetic torque system (MTS) consisting of 
two 3-axis magnetometers (one redundant) mounted on the aft end of the 
SSM and six bar electromagnets mounted on the forward end of the OTA is 
used for momentum management. The magnetometers sense the vector com- 
ponents of the geomagnetic field in body coordinates. Voltage outputs propor- 
tional to the field strength a re  blended electronically with CMG momentum 
state to generate torquing currents for the bar electromagnets. A magnetic 
dipole is produced which reacts with the earth's ambient field to produce a 
torque on the LST. This torque continuously desaturates the CMGs, forcing 
them to remain near a preselected momentum state. 

The transfer assembly (TA) serves as an interface 
assembly for all ACS components. It has a sensor buffer unit that places the 
required sensors on line for the control mode in use and routes signals 
between the sensors and digital processor assembly (DPA) via the computer 
input/output section of the TA. 

The DPA receives data inputs from ground commands 
or the various sensors via the TA, processes the data, and provides the fol- 
lowing outputs via the TA: 

1. CMG gimbal commands. 

2. Torque commands to the magnetic torquer 
system. 

3. Gyro drift compensation. 

4. Solar wing actuator commands. 
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Four single gimbal control moment gyro (CMG) 
assemblies, each complete with redundant drive electronics assemblies 
( DEAs) are mounted in a skewed configuration so that each CMG can provide 
a portion of the momentum requirements for each control axis. The CMGs 
provide the momentum storage capability required to maintain the LST in an 
accurate inertial hold attitude and supply the control torques required to 
maneuver the UT. The MTs supply control torques for CMG momentum 
desaturation. 

(b) Reaction Control System. The primary require- 
ment for an RCS on the LST is to serve as an emergency backup control 
system to the LST primary ACS. The RCS is to be in  a standby "go" condition 
during certain critical LST maneuvers to aid the primary ACS if necessary. 
The RCS will also be required to provide control torques for the U T  in the 
event of a complete or partial failure of the primary ACS. A functional 
schematic of the RCS selected for the LST is shown in Figure IV-22. The 
RCS is a' pressure regulated, gaseous nitrogen, propulsion system modu- 
larized into three basic elements - a propellant tank, a black box, and two 
major thruster modules. Auxiliary items, most of which a re  contained in the 
black box, a r e  latching solenoid isolation valves, filters, pressure regulators, 
check valves, pressure and temperature transducers, pressure gages, manual 
shutoff valves, pneumatic disconnects, propellant fill and drain valves, w i re  
harness, and interconnecting plumbing. The RCS elements a re  assembled in 
the SSM of the LST. The total RCS mass, excluding electronics, is 104 kg 
(229 lb). Of this total mass, 19.5 kg (43. 0 lb) is GN, propellant. 

The RCS features of primary significance a re  as  
follows : 

1. Twelve thrusters a re  used; six are active and 
six standby. 

2. One tank is utilized to store the GN, propellant. 

3. A dual-level pressure regulator is used. With 
the regulator operating in the high mode, the thrust level is 44.48 N (10 Ib) 
With the regulator operating in the low mode, the thrust level is 2.22 N 
(0.5 lb). 

4. With the exception of the tank, RCS component 
redundancy is available. 
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5 .  Modularization of the RCS provides for ease i n  
maintenance. 

6. Most components a re  off-the-shelf items. 

5. Commonality. The degree of commonality between the U T  refer- 
ence design and the hardware from other programs can be seen f*om the 
footnotes to the master equipment list (Table IV-2). There a re  approximately 
67 components (47 percent total SSM components) which are identical to HEAO 
components, 24 components (17 percent) from other programs, 19 components 
(13 percent) which could probably be identical to HEAO components if it  were 
shown to be cost-effective for these designs to be allowed to influence each 
other more, and 33 components (23 percent) which a re  new designs (requiring 
development, but no new technology). 

There can be a considerable degree of commonality of U T  hard- 
ware with the Stratoscope Program if the two programs a r e  structured and 
funded to achieve such. For example, there could be hardware commonality 
in such areas as  fine guidance, image tubes, cooling of image tubes, figure 
sensor, and focus sensor. In addition, there could be commonality in devel- 
opment of graphite-epoxy structures, secondary mirror sensing and control, 
and primary mirror figure control. 

Figure IV-23 provides a rough estimate of the! commonality which 
could be achieved between the LST and other programs in the areas of tech- 
nology, development, and hardware. These a re  not the only programs with 
which commonality could be achieved, and i t  should also be emphasized that 
Figure IV-23 contains only potential commonalities and for this commonality 
to be fully realized, the programs probably would have to be structured to 
achieve it. 

Only the highest order of obtainable commonality is shown in graph 
form. The highest degree of hardware commonality obtainable is expected to 
be with the HEAO hardware. This is logical since the HEAO and LST space- 
craft have generally the same size, mass and orbit; the support systems 
requirements a re  roughly similar and the operational time frames a re  fairly 
close. 

6 .  Maintenance SparedEquipment. The reference LST design allows 
for on-orbit maintenance in the "black box" (component) level. The SSM and 
SIP components and the telescope-peculiar instruments and electronics pack- 
ages which are mounted in the pressurizable volume can be replaced in a 
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shirtsleeve mode; in addition, some of the electronics and mechanisms which 
are mounted on the secondary mirror assembly and all of the externally 
mounted SSM black boxes can be replaced via extravehicular activity (EVA). 

The equipment mounted externally to the pressurizable volume is 
designed to have a high reliability for 5 years and that mounted internally has 
a highFeliability for at least 1 year. It is anticipated that the science and 
telescope instruments will be replaced a t  least once during the 5-year lifetime, 
and that the life-limited and randomly failed or degraded items would be 
replaced whenever required. Two lists were generated in an attempt to esti- 
mate the mass and volume of spares and other equipment required for a 
maintenance mission. The first me, shown in Table IV-5, is an estimate of 
the equipment which might be required to be replaced, assuming that i t  was 
desired to perform a total instrument update at the same time as  a systems 
repair operation. This is an extreme case and is not expected to be a "typi- 
cal" load. The masses of some components shown in these lists have been 
updated somewhat, as  shown in the master equipment list (Table IV-2). The 
changes are not considered significant in the results of this section. 

The second list, shown in Table IV-6, is what might be expected 
to be a more typical maintenance mission load. The life-limited and random 
failure items and support equipment a re  the same but the quantity of instru- 
ments to be replaced is more reasonable than that in the previous table. 

Table IV-7 lists the support equipment required to be stowed in 
the Shuttle for the maintenance visit. 

7. Contamination Control. Contamination control procedures and 
requirements have been investigated for the following phases of LST develop- 
ment and operations: design, manufacture, assembly, launch operation, and 
ground return. Specifically, the selection of materials during design has been 
considered. The procedures and facility requirements during manufacture 
and assembly have been addressed. The shroud, handling, and purge require- 
ments have been considered during launch operations and ground return. The 
design impact and the equipment required on the LST and on the orbiter 
support volume during orbital maintenance have been studied and identified. 

The requirements established for the control of contamination on 
the LST are 1 0  000 class particulate control in the SIP, 100 000 class particu- 
late control in the SSM volume about the SIP, and 10 ppm trace contaminants 
for low vapor pressure constituents to 15 ppm for high vapor pressure con- 
s tituent s. 
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TABLE IV-5. "TOTAL" MAINTENANCE MISSION EQUIPMENT W A D  

Item 

Life Limited Items 

3 Tape Recorders 
6 Batteries 

Subtotal 
+ 2flo for packaging, etc., mass, 
and 580 volume 
Total 

'Typical" Random Failure Items 

1 RGA 
1 DPA 
1 CMG 
1 Regulator 
1 Remote Decoder 
1 DAU 

Subtotal 
+ 20% for packaging, etc., mass, 
and SO%, volume 
Total 

Total Instrument Update Items 

1 f/12 Camera and Filter Wheel 
3 f/96 Camera and Filter Wheel 
1 f/96 Camera and Selector Assembly 
1 f/96 Magnifier and Housing 
1 Fine Guidance Mechanism and Housing 
1 Echelle Spectrograph 
1 Echelle Spectrograph 
1 Faint Object Spectrograph (UV) 
1 Faint Object Spectrograph (IR) 
1 Faint Object Spectrograph (IR) 
1 Fourier Interferometer 
1 Focus Sensor 
1 Figure Sensor 
1 Collimator Assembly (UV Spectrograph) 
1 Slit Assembly (Axial Spectrograph Mechanism, 

1 Slit Jaw Camera 
etc. ) 

subtotal 
+ 26% for packaging, etc., mass, 
and 5&, volume 
Total 

Subtotal, Spares and Instruments 

Total Support Equipment (Contamination Removal 
and Miscellaneous) 

Subtotal 
+ 2& for packaging, mass, and a&, 
volume, excluding contamination 
control package 

Grand Total 

M; 
(k0 

16.3 
326.5 
142.8 

28.1 
170.9 

10.4 
6.3 

80.7 
3.6 
0.5 
0.5 

102.0 

20.4 
122.4 

68.04 
201.4 
21.3 
15.4 
116.6 
51.7 
51.7 
55.8 
45.4 
44.4 
18.1 
10.9 
17.2 
13.6 
4.5 

42.2 
778.24 

155.6 
933. &Q 

1227.14 

408.6 

51.8 
460.4 
- 
1687.54 

36 
279 
3 15 

62 
377 

- 
- 

23 
14 

178 
8 
1 
1 

225 

45 
270 

- 
- 

150 
444 
47 
34 

25 7 
114 
114 
123 
100 
98 
40 
24 
38 
30 
10 

93 
1716 

343 
2059 

2706 

- 
- 

900 

114 
1014 

3720 

- 

Va 
(m3) 

0.024 
0.121 
0.145 

0.072 
0.217 

- 
- 

0.011 
0.006 
0.462 
0.008 
0.003 
0.0004 
0.4904 

0.245 
0.7354 

- 

0.032 
0.068 
0.025 
0.15 
0.091 
0.161 
0.147 
0.100 
0.184 
0.074 
0.100 
0.006 
0.006 
0.02 
0.02 

0.275 
1.459 

0.68 
2.139 

3.0914 

- 

- 

2.3 

1.0 
3.3 

6.391 

- 

ne 
(ft3) 

0.84 
4.26 
5.1 

2.55 
7.65 

- 
- 

0.4 
0.2 

16.3 
0.3 
0.1 
0.005 

17.305 

8.65 
25.955 

- 
- 

1.14 
2.4 
0.9 
2.1 
3.2 
5.7 
5.2 
3.5 
6.5 
2.6 
3.5 
0.2 
0.2 
0.7 
0.7 

9.7 
48.24 

24.12 
72.36 

105.965 

- 
- 

82 

35 
117 

222.965 

- 
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TABLE IV-6. "TYPICAL" UNSCHEDULED ON-ORBIT MAINTENANCE 
MISSION EQUIPMENT LOAD 

3 f/96 Camera and Filter Wheel 
1 Echelle Spectrograph 

Subtotal 
+ ZC% for packaging, etc. , mass, and 
5 8 0  , volume 
Total 

1 Faint Object Spectrograph (UV) 

Subtotal, Spares, and Instruments 

1M: 
Item 

201.4 
51.7 
55.8 

308.9 

61.7 
370.6 

663.9 

- 

- 

Life Limited Items 

Total Support Equipment ( Contamination 
Removal and Miscellaneous) 

(Does not include contamination control package) 
Subtotal 405 
+ 2 8 0  for packaging, etc. , mass, and 

51.3 5 80 , volume 

Total 456.3 

1120.2 

- 

Grand Totals for llTypicaltt Mission - 

3 Tape Recorders 
6 Batteries 

Subtotal 
+ 2 8 0  for packaging, etc., mass, and 
5 8 0  , volume 
Total 

16.3 
126.5 
142.8 

28.1 
170.9 

- 

- 

I vtTypical'l Random Failure Items 

1 RGA 
1 DPA 
1 CMG 
1 Regulator 
1 Remote Decoder 

10.4 
6.3 

80.7 
3.6 
0.5 
0.5 - 1 DAU 

Subtotal 102.0 
+ 2 8 0  for packaging, etc. , mass, and 

20.4 5@0 , volume 
Total 122.4 

- 

3 

(1b) 

36 
279 
3 15 

62 
377 

- 

- 

23 
14 

178 
8 
1 
1 

225 

45 
27 0 

- 

- 

444 
114 
123 
6 8 1  

136 
8 17 

1468 

- 

- 

900 

114 

1014 

- 

2478 

* 0.024 
b. 121  - 
0.145 

0.072 
0.217 
- 

0.011 
0.006 
0.462 
0.008 
0.003 
0.00014 
0.49014 

0.245 
0.73514 

0.068 
0.161 
0.1 
0.329 

0.06 
0.389 

1.34114 

2.2 

0.9 

3.1 

4.44114 

0.84 
4.26 
5.1 

2.55 
7.65 

- 

- 

0.4 
0.2 

16.3 
0.3 
0.1 
0.005 

17.305 

8.65 
25.955 

2.4 
5.7 
3.5 

11.6 

5 .-a 
17.4 

51.005 

82 

35 

117 
~ 

168.005 
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TABLE IV-7. SUPPORT EQUIPMENT (STOWED I N  SHUTTLE) 
REQUIRED FOR ON-ORBIT PRESSURIZED MAINTENANCE 

Item 
-~ 

Contamination Control 

Contamination Control Equipment 
Package 

Miscellaneous Ductings and Fittings 

1 Quick Disconnect Joint 

To tal 

Miscellaneous 

Pressure Gas and Bottle 
(Capability, two pressurizations) 

1 Tool Kit 

1 Communications/Hazardous 
Warning Box 

Checkout Equipment 

Total Miscellaneous 

Grand Totals for On-Orbit I Pressurized Maintenance 

15 0 

11.4 

2 . 3  

163.7 

- 

135.6 

13.6 

4 . 5  

90.6 

244.3 

408.0 

330 

25 

5 

360 

- 

300 

30 

10 

200 

540 

900 

0.36 

0.18 

0.0057 

0.5457 

0.198 

0.085 

0.085 

1.41 

1.778 

2.3237 

12.6 

6 . 2  

0 .2  

19.0 

- 

7 

3 

3 

50 

63 

82 

- 

a. It is assumed that the Shuttle environmental control and life support 
system (EC/LSS) is sized for the EC/LSS load of two maintenance 
personnel plus the moderate equipment loads of the LST during mainte- 
nance and that a portion of the EC/LSS can be isolated for LST servicing 
(no mixing of LST and Shuttle air in EC/LSS) 
volume is shown here. 

Hence, no mass o r  
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Contamination control hardware located on the LST consists pri- 
marily of ducting and filters, as shown in the layout of Figure IV-24. The 
ducting conveys "clean air" from the SSM orbiter docking interface to the 
OTA/SSM interface plane and to the SIP for distribution from high efficiency 
particulate air (HEPA) filters. The flow of up to 0.189 m3/sec (400 cfm) 
to the SIP will provide 10 000 class particulate control and of 0.283 m3/sec 
(600 cfm) to the OTA/SSM interface plane will provide 100 000 class particu- 
late control. 

Contamination control equipment located in the orbiter support 
volume is schematically shown in Figure IV-25. This equipment consists of 
fans, trace contamination absorber beds, oxidizers, and filters. The trace 
contamination loop is located in the orbiter support volume, which is physically 
separated from the main environmentally controlled volume of the orbiter by a 
fabric partition, and requires a flow of 0.005 m3/sec (10 cfm) to the catalytic 
oxidizer and 0.189 m3/sec (400 cfm) to the primary sorbent bed to meet the 
trace contamination requirements stated above. 

Equipment listings for the SSM and the orbiter support volume are  
presented in  Tables IV-8 and IV-9, respectively. Electrical power, for con- 
tamination control during orbital maintenance, is provided by the orbiter. 

8. Systems Reliability Summary. A detailed description of the LST 
reliability analyses and checkout approaches is given in Volume V, Chapter 
VIE. The SSM and OTA reliabilities a re  summarized in Table IV-10. "Fail- 
ure" is defined as  an event resulting in the Loss of the LST or requiring a 
maintenance action. 

The high reliability shown arises from the following factors: 

1. Incorporation of "reasonable" redundancy. 

2. 
program. This, in some instances, implies acceptance of higher redundancy 
than would be planned in a new design. 

U s e  of existing equipment or  equipment common with the HEAO 

3. Exclusion of noncritical and certain other system elements 
(because of a lack of credible data) from the reliability analyses. 

Of these exclusions, the most significant is the exclusion of the 
battery/charger units, which have Been identified as a possible reliability 
problem. Data collected during the Phase A study have led to inconsistent 
battery reliability predictions. A broader discussion of the battery problem 
is given in Volume V, Chapter VIII. 
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TABLE IV-10. SSM/OTA RELIABILCTY 

I Sys tem 

Attitude Control (SSM) I 
Communications and Data Handling (SSM) 

Electrical (SSM) 

Thermal Control (SSM/OTA) 

Main Optics & Structures (OTA/SSM) 

Data Handling and Control (OTA) 

Electrical (OTA) 

Pointing & Stabilization (OTA) 

Alignment Sensors and Logic 

Harmonic Drive Actuators & Control 

Light Shield 

Aperture Door 

I-Year Reliability 

0.9880 

0.9981 

0. 9980a 

0.9991 

0.9998 

0.9988 

0.9983 

0.9860 

0.9898 

0.9999 

0.9958 

0.9952 

0.9478 SSM/OTA 

a. Does not include battery/charger units, solar array drive mechan- 
isms, and solar arrays 

No estimate for the SIP reliability can be given as  those failure 
conditions justifying a maintenance action were not identified during the Phase 
A study. This identification should be an early objective of future studies. 

9. Man Rating Impacts. Some of the key impacts of man rating the 
LST are listed in Table IV-11. It is significant to note some of the key 
differences between the LST in this regard and the Apollo or Skylab which 
should make the LST significantly less expensive than those programs. The 
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relative fire hazard is a function of the percentage of oxygen in the atmos- 
phere, rather than the total pressure of the atmosphere. This can be seen in 
Figure IV-26. Figure IV-27 shows the relationship of the minimum required 
partial pressure, due to man's physiological needs, to the total pressure in a 
two-gas mixture. Since the LST would be at  l.Olxl$ N/m2 (14.7 psia) , fire 
hazards would be no greater than ground operations. This should be a si% 
nificant advantage in keeping costs down. 

The degree of usefulness of man in  space and the penalty for 
keeping him there are two important factors in the design of space flight hard- 
ware. It is anticipated that the ability of man to perform will increase and his 
needs for extensive human factors equipment will decrease greatly. A "new 
philosophy of man in space" must be developed, no matter what the final con- 
cept of the U T  becomes. 

This philosophy must be based on an evaluation of Apollo/Skylab 
experience and a projection of this experience to applications in the realm of 
unmanned, man-maintained spacecraft, combined with a heavy mixture of cost 
consciousness. This new philosophy will probably include a more lenient 
approach to the quantity of EVA activities allowed. Whatever its nature, the 
philosophy should be established in the very near future to permit an evalua- 
tion of its impact in trades of various LST concepts in  the Phase B studies. 

10. Error Budgets. Three error  budgets have been prepared for the 
LST: 

1. Wavefront Error ( WFE) . 
2. Image Stabilization or Guidance Error. 

3. Absolute Pointing Error. 

These e r ror  budgets are given in Figure IV-28. 

a. Effect of WFE and Image Stabilization.Errors on Image Size. 
The WFE is a measure of the quality of the image produced by the telescope - 
the smaller the WFE, the higher the quality of the image. The WFE also 
results in increased image size, as shown in Figure IV-29. A convenient 
measure of image size is the radius of the circle that contains 60 percent of 
the image energy. As shown in Figure IV-29, a telescope obscuration ratio of 
30 percent increases the 60 percent encircled energy radius from 0.024 arc  
sec for a perfect image to 0.028 arc sec. A WFE of 0.05 wavelength rms, at 
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Figure IV-29. LST encircled energy curve. 
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a reference wavelength of 633 nm, increases the image radius from 0.028 to 
0.034 a rc  sec. Motion of the telescope, i. e., image stabilization (guidance) 
error ,  also produces a larger image size. An image stabilization error  of 
0.005 a r c  sec rms increases image size from 0.034 to 0.036 arc  sec. 
WFE and image stabilization e r rors  would increase the image size further. 

/ Larger 

The WFE and image stabilization error  budgets a re  joined in 
Figure IV-28 to indicate their contribution to the image size. The absolute 
pointing error  has no effect on image quality or size. It is a measure of the 
accuracy with which the telescope can be pointed. 

b. 
nents of the WFE budget, together with their numerical values, is given in 
Figure IV-28. A breakdown of the sources of the focus maintenance compo- 
nent of the WFE budget is given in Table IV-12. The sensor threshold e r ror  
is the error contribution from the focus sensor when it is in a nulled condition. 

Focus Error  in WFE Budget. An identification of the compo- 

TABLE IV-12. FOCUS MAINTENANCE BUDGET 

I 
Source 

Sensor Threshold 

Sensor Location Error 

Secondary Mirror Adjust 
Mechanism 

Thermal Drift During an 
Observation 

RSS error  

Error 
( P  m) 

5 

0.47 

2 

Sensitivity 
(A rms/ m) 

0.00036 

0.0105 

0.0105 

a. Reference wavelength (A)  = 632.8 nm. 

WF 
(A rms)  

0.009 

0.009 

0.0018 

0.005 

0.021 

0.025 

The focus sensor location error  is caused by the fact that the 
sensor and other instruments a re  located at  the f/12 focal plane, which is in 
the SIP region of the SSM rather than on either the primary or secondary 
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mirror. Therefore, motion of the sensor and the f/12 focal plane relative to 
the mirrors  may occur without an actual change in mirror separation distance. 
The equation for calculating the resulting WFE is 

(1) 
S 

0.25 Ax 

8h (F l2 Focal plane location W E  = 
syst 

where h is the wavelength of light source = 632.8 nm for Table IV-12; 
F 

error  between focus sensor, or focal plane, and secondary mirror. Note that 
it is the distance between the sensor and the secondary mirror that is in error  
and not the separation distance between the primary and secondary mirror. 

= focal ratio of the telescope system = 12, and Ax = separation 
sys t S 

The secondary mirror adjustment mechanism error  is caused 
by the inability of the mechanism to position the mirror in the precise location 
dictated by the 
is 

Mirror 

focus sensor. The equation for calculating the resulting WFE 

0.25 As 
8h 

separation WFE = 

where F = focal ratio of primary mirror = 2 . 2  and As = error  in  

mirror separation distance. The error due to thermal drift is caused by the 
change in mirror separation resulting from a temperature change during the 
observation period. Equation (2)  is also used to calculate this error. 

P 

c. Alignment Error in WFE Budget. Alignment error is pro- 
duced when the secondary mirror is improperly positioned in a plane perpen- 
dicular to the telescope line of sight and/or when it is tipped or tilted about an 
axis perpendicular to the telescope line of sight. A breakdown of the sources 
of the secondary mirror alignment component of the WFE budget is given in 
Table IV-13. The equation for calculating the WFE is 

0.0037 Ay Mirror decenter WFE = 
1 P P I Y  (3)  

where Ay = the decenter distance of the secondary mirror. 
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TABLE IV-13. SECONDARY MIRROR ALIGNMENT BUDGET 

Source 

Initial Alignment 

Sensor Threshold 

Secondary Mirror Adjust 
Mechanism 

Tilt of Secondary for 
I A r c  Sec Line of Sight 
Correction 

Thermal Drift During an 
Observation 

RSS error  

Error  

6.6 pm 

6.6pm 

3.5 pm 

1 arc  sec 

10 pm-decenter; 
5 p rad- tip 

~ 

a. Reference wavelength ( A )  = 632.8 nm. 

Sensitivity a 

( A  rms/pm) 

0.00054 

0.00054 

0.00054 

0.00408 
per arc sec 

0.00055 
0.00032 
per prad 

WF 
( A  rms)  

0.0036 

0.0036 

0.0019 

0.0040 

0.0055 
0.0016 

0.0088 

The secondary mirror adjustment mechanism er ror  is caused 
by the inability of the mirror transverse positioning mechanism to locate the 
mirror at the position dictated by the decenter sensor. The expected e r ror  is 
3.5 pm, which produces a WFE of 0.0019 wavelength in accordance with 
equation ( 3 ) .  

Image stabilization d u r i k  an observation will be accomplished 
in  part by movement of the secondary mirror. Maximum tilt for this purpose 
will be 1 a r c  sec. This will introduce a WFE of 0.0040 wavelength, as shown 
in Table IV-13. Temperature changes in the telescope structure during an 
observation are expected to cause a decentering of 10 pm and a mirror tip of 
5 prad. These misalignments will introduce WFEs of 0.0054 and 0.0016 wave- 
length, respectively. 

11. Focus and Alignment Tolerances. It is anticipated that instru- 
ments within the SIP of the LST spacecraft will be replaced during on-orbit 
maintenance. Instruments may be replaced as an entire unit, or image tubes 
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only may be replaced. In either event, it is expected that the replacement 
units will have some residual position errors  in both the axial and the trans- 
verse directions. Misposition of an instrument in the axial direction will 
introduce WFE and cause the image to be out of focus. WFE as a function of 
instrument detector misposition is shown in  Figure IV-30. Transverse mis- 
position of an instrument or  image tribe will cause the image to be moved on 
the face of the tube and may result in loss of a portion of the image; however, 
there will be no degradation of the image that is present on the image tube. 
In the case of axial misposition resulting in defocus, the secondary mirror 
may be repositioned to produce the best focus on the face of the image tube. 

a. Effects of Secondary Mirror Repositioning. When the 
secondary mirror is i n  its design reference position relative to the primary 
mirror, an image having minimum WFE is produced at the optimum focus 
plane. This minimum WFE is expected to be 0.050 wavelength rms, as  shown 
in Figure IV-28. If the secondary mirror is moved along the telescope axis 
from its design reference position, three things occur: 

1. The plane of best focus, i. e., the image, moves and is 
no longer at  the optimum focus plane. 

2. A very minor additional WFE is introduced at the repo- 
sitioned best focus plane because i t  is not coincident with the optimum focus 
plane. 

3. The WFE at the optimum focus plane location is greatly 
increased. 

Figure IV-31 is an illustration of moving the image (plane of 
best focus) onto the image tube by repositioning the secondary mirror. This 
eliminates the defocus caused by image tube (detector) axial misposition. 

Image movement resulting from a change in the primary- 
secondary mirror separation distance change is expressed by the relationship: 

Ax = -m2AS (4) 

where Ax is the image motion distance, m is the amplification of the 
secondary mirror, and AS is the change in the mirror separation distance. 
The value of m for the U T ,  which has a primary focal ratio of 2.2 and a 
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system focal ratio of 12, is 5.45. Therefore, image motion is 29.7 times the 
change in mirror separation distance. This equation is plotted in Figure 
IV-32. 

The WFE at the best focus plane caused by the fact that the 
secondary mirror is not at its design reference position is insignificant for 
the mirror movement tolerances of the LST. The fact that the plane of best 
focus can be moved axially without introducing any significant error  can be 
utilized to compensate for instrument misposition. Figure IV-31 illustrates 
the case where the image detector has some axial misposition error,  AX, and 
i's at neither the optimum focus plane nor the plane of best focus. The WFE 
at the detector is rather large for this reason (Figure IV-31). Movement of 
the secondary mirror from position (1) to position (2) results in movement 
of the plane of best focus from position (3) to position (4). The WFE caused 
by the detector not being at  the plane of best focus is thereby eliminated. 

When the secondary mirror is moved in a direction normal to 
the telescope axis, the image moves and WFE is introduced. The motion of 
the image at the telescope f/12 focal plane as a function of secondary mirror 
decenter is 

Ay' = 

where Ayl is the image motion a t  the telescope focal plane and Aycc is the 

decenter distance of the secondary mirror measured a t  the image motion 
neutral point. 

The telescope image serves as the object for the 8X inverse 
Cassegrainian relay mirror system used with the f/96 field cameras. Motion 
of the telescope focal plane image is amplified eight times by the relay system. 
Image motion at the f/96 focal plane caused by motion of the secondary mirror 
is given by 

where Ay" is the image motion at the f/96 focal plane and M is the ampli- 
fication of the relay mirror system. Equations (5) and (6)  a re  plotted in 
Figure IV-33. 
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Transverse movement of the secondary mirror also produces 
a wavefront error  at the focal plane. The magnitude of this er ror  is given by 
equation (3). This equation is plotted in Figure IV-34 for various wave- 
lengths. 

b. Instrument Replacement Tolerances. Adjustment of the 
secondary mirror to move the plane of best focus to a mispositioned instru- 
ment detector will also move the plane of best focus away from the fine 
guidance sensor and introduce the WFE eliminated at the instrument detector 
into the guidance sensor. This will increase the guidance error,  a s  shown in 
Figure IV-35. The guide error is greater for dimmer guide stars. However, 
the slope of the curve is very shallow for even rather large defocus distances. 
A guide field defocus of 100 pm has a negligible effect on the guide system 
line-of-sight error. Defocus distances of 210 and 250 pm only increase the 
system line-of-sight error  from its anticipated minimum error of 0.025 prad 
to 0.026 and 0.027 prad respectively. 

Figure IV-36 is a schematic of the LST telescope indicating 
the f/12 and f/96 focal planes, the fine guidance sensor, and typical instru- 
ment locations. Table IV-14 gives the focus tolerances for various allowable 
resulting WFE values for a reference wavelength of 632.8 nm. Separation 
planes A-A, B-B, and C-C of Figure IV-36 and Table IV-14 represent axial 
misposition errors  of image tubes that might be caused by their replacement 
during maintenance. The resulting WFE is caused by the misposition of the 
image tube; no repositioning (refocusing) of the secondary mirror has been 
considered for these cases. Since there is no repositioning of the secondary 
mirror, no additional WFE is introduced at  the fine guidance sensor. 

Separation plane D-D is the same physical location as  plane 
A-A; however, i t  represents the case where refocusing of the secondary 
mirror is performed to minimize WFE at the image tube. A change in mirror 
separation distance (refocusing) can eliminate WFE caused by axial misposi- 
tioning of the image tube. However, this defocuses the fine guidance field, 
increases WFE at the guidance field, and thereby increases the guidance 
error,  as  shown in the last column of Table IV-14. The WFE values for equal 
misposition errors  would be equal for cases A-A and D-D, although the errors  
would be at different focal planes. The slight differences in the numerical 
values of resulting WFE shown in Table IV-14 for the two cases a re  due to 
round-off errors  in the sensitivities. 

Separation plane E-E represents the case where the fine 
guidance sensor and the f/96 cameras a r e  replaced a s  a unit. There is an 
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Figure IV-35. Guidance error  as  a function of guide field defocus. 

axial misposition error  between this unit and the f/12 focal plane, but there is 
no misposition e r ror  between the fine guidance sensor and the f/96 cameras. 
Repositioning the secondary mirror eliminates the WFE due to mispositioning, 
both at the fine guidance field and at  the f/96 cameras; however, i t  does intro- 
duce additional WFE at the f/12 focal plane. Thus, any instrument other than 
the f/96 cameras would be out of focus with this mirror spacing. 
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Separation plane F-F represents the case of axial misposition 
of the 8X Inca and f/96 camera system. Refocusing of the secondary mirror 
can eliminate the WFE caused by this misposition, but additional WFE is 
thereby introduced at  the fine guidance sensor and guide e r ror  is increased. 
This is shown in the last column of Table IV-14. 

Separation plane G-G represents axial misposition of a spec- 
trograph. Misposition in this direction does not introduce additional WFE 
because the light is collimated and operation of the instrument is not affected. 

Separation plane H-H represents axial misposition of the 
collimating mirror. This will result in the light reflected from this mirror 
not being collimated. This will cause a loss of spectral resolution in the 
spectrograph. If the secondary mirror is refocused, the light from the coll- 
imating mirror will be collimated if the viewing object is a star. However, 
other factors will cause loss of resolution and no advantage will be realized 
by refocusing. 

The data given in Table IV-14 show that instrument misposi- 
tion tolerances depend upon the WFE and guidance e r ror  that are acceptable. 
Refocusing of the secondary mirror can compensate for misposition e r rors  
at one plane but this will increase WFE at some other plane. 

Preliminary SIP instrument alignment tolerances have been 
specified by Kollsrnan Instrument Corporation. These tolerances a re  given in 
Table IV-15 together with the WFEs that will result from these maximum 
allowable defocus mispositions. The WFE data in Table IV-15 are  for a 
reference wavelength of 632.8 nm. WFEs for other wavelengths may be 
obtained from Figure IV-30. The root sum square WFE of the telescope WFE 
of 0.050 wavelength and the focus misposition WFE are also shown for each 
instrument in Table IV-15. The instrument misposition WFE and the root 
sum square WFE a re  plotted in Figure IV-37 a s  a function of instrument mis- 
position error  in focus. The reference wavelength for Figure IV-37 is 632.8 
nm. 

The misposition tolerance in focus of the f/96 camera at the 
f/96 focal plane is much greater than the other instrument tolerances. This 
fact is illustrated in Figure IV-38. The last line of Table IV-15 gives the 
tolerance at the f/96 focal plane for the same misposition WFE that would be 
created by the given position tolerance a t  the f/12 focal plane. 
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Figure IV-37. Instrument misposition WFE at the f/12 focal plane 
and RSS WFE as a function of misposition distance in focus 

for A =  632.8 nm. 

Lateral misalignment of instruments will not create WFE but 
will simply cause a portion of the data field to fall outside the instrument field 
of view. The image could be moved by moving the secondary mirror laterally, 
but this would introduce WFE at the focal plane. 

c. Conclusions. It should be possible to locate instruments 
replaced during on-orbit maintenance within the tolerances listed in Table 
IV-15. Even if these tolerances a re  exceeded, the instruments will still 
function but performance will be degraded. Replacement of the f/96 camera 
tubes will require the least precision. 
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Figure IV-38. WFE caused by detector axial misposition 
(defocus) a t  f/96 focal plane. 

12. Overall Performance Trades 

a. Introduction. Pointing instability and error  relative to the 
instrument field of view in the LST will degrade instrument performance. It 
is, of course, unreasonable to expect absolute zero pointing instability or  
error,  and a certain amount of each must be anticipated. In Volume 111, Itek 
presents values for pointing instability and error which it anticipates. In 
addition, i t  is possible that the pointing parameters could exceed these values 
for any one of the following reasons: 
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1. Failure of the SSM to meet its pointing requirements so 
that the FGS could not handle the errors. 

2. Failure of the FGS to meet its pointing specifications. 

3. Mechanical flexure within the instrument package. 

The field cameras will be affected by pointing instability. 
Instability of the spacecraft will result in the smearing of images over time 
exposures, which will in turn cause lower resolution and require longer expo- 
sure times. Spectrograph performance will be affected principally by pointing 
error  but also by pointing instability. The spectrograph entrance slit may be 
widened to accommodate these errors  on stellar sources but at  the expense of 
wavelength resolution. If the width of this slit is not increased, degradation 
of pointing parameters will result in longer exposure time requirements. 

The dependence of spectrograph performance has been con- 
sidered separately for pointing instability and pointing error  for this prelim- 
inary analysis. While separate treatment is desirable for assessment of the 
relative importance of the two pointing parameters, in reality both parameters 
will occur simultaneously. An investigation of the combined effect of both 
parameters would be desirable as a follow-on study. In addition, two of the 
graphs included here a re  presented for single values of slit width. Since the 
slit width will be adjustable, a determination of the effect of the pointing 
parameters for other slit values would be desirable. 

b. Effect on Field Cameras of Pointing Stability Degradation. 
Recording an image with any data sensor takes a finite amount of time and for 
some experiments conducted with the LST, the time required will be several 
hours. If the image moves during this time, the effect will be degradation of 
the image. Pointing instabilities will cause such motion. 

Analytically, image motion is best handled by considering it a 
modification of the light distribution in the object point, i. e. , the object point 
will be converted from a delta function (a  mathematical point) to an image 
motion spread function, I for each area increment 

my m 
is proportional to €he time the object point dwells in that particular incre- 
mental area. This spread function may then be convolved with the telescdpe 
point spread function to derive the effective system point spread function. 

in which the value of I 

The Itek Volume I11 contains a telescope point spread function 
for a WFE of 0.05 wavelength rms  at 633 nm and a secondary mirror 
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obscuration ratio of 0.30. That company believes these values to be achiev- 
able and realistic. Their function may be approximated by the Gaussian 
function, 

This function expresses the radiant power per unit area, which is the radiant 
flux I (x,y), in the image at any point x,y in the image plane in terms of 

this quantity I 

The quantity T is a measure of the image size and is the distance from the 
image center for which the radiant flux drops to l / e  of i ts  central value. For 
a perfect telescope, the Fraunhofer diffraction theory predicts that T is 
proportional to A/D. A curve fitting to the point spread function computed by 
Itek for the above-quoted values of WFE and obscuration ratio indicates that, 
for the U T ,  the quantity T will be given approximately by 0.000037 A a r c  
sec for the wavelength expressed in nanometers. Because of the WFE, T will 
deviate somewhat from this dependence a t  the wavelength extremes. Note 
that this relationship indicates a decrease in image size for a decrease in 
wavelength. The wavelength-dependent behavior of all of the following graphs 
is explained by this relationship. The fit of this approximation to the Itek 
point spread function curve is shown in Figure IV-39. 

S 

at the center of the image for a perfect, stationary telescope. 
SP 

It should be noted that this approximation is made so that 
tractable, analytical solutions may be derived. These solutions should be 
useful for order-of-magnitude estimates. If exact solutions a re  desired, i t  
would be necessary to numerically convolve the Itek point spread function for 
the stationary case with the image motion point spread function for each rms  
instability value and wavelength of interest. Subsequent integrations would 
also have to be performed numerically. 

From equation (7) the radiant power falling into the elemental 
area dx dyat  x, y i s  
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For random image motion (LST motion) tps radiant power will be spread out 
also as a Gaussian function. The image motion point spread function may be 
written as  

The parameter p denotes the amount of image motion (pointing instability) 
and represents the rms  pointing deviation of the telescope. Substitution of 
equation (8) and the relation 

r2 = (x - xo)' + Y2 (10) 

into equation (9) and integration over x and y leads to the convolution 
integral for the radiant flux at  xo, 0. It is 

The integration over y may be performed at once with the aid of an integral 
table. After completion of the square of the terms in x 
of variables, the integration over x is performed in the 
result is 

This overall image point spread function, which includes 

followed by a change 
same manner. The 

the effects of WFE, 
secondary mirror obscuration, and image motion, is seen to be still another 
Gaussian function with new scale factors. The Strehl ratio follows as  

IV- 102 

d 



The definition of resolution is quite arbitrary and for convenience may be 
taken as 

which is the angular distance at which the radiant flux drops to l/e of i ts  
central value. In the static case do = 0) the resolution a!= T . Resolution 
a! as a function of pointing instability p is presented in Figure IV-40 for 
h = 100 nm to h = 1000 nm. The variation of Strehl ratio as  a function of p 
is presented in Figure IV-41 for the same wavelengths. 

The behavior of the curves in Figures IV-40 and IV-41 is 
explained by the different stationary image sizes at the different wavelengths. 
At  short wavelengths where the stationary image is small, the effective image 
size increases rapidly with increasing pointing instability and produces simul- 
taneously a sharp drop in central flux and Strehl ratio. At longer wavelengths 
the stationary image is larger and image motion does not produce so striking 
an effect. 

An important system performance parameter is the exposure 
time necessary to record stellar images with the camera to a given limiting 
magnitude. For a stellar image this exposure time is inversely proportional 
to the encircled radiant power incident in an area comparable to the tube 
resolution. The effect of pointing instability, and therefore image motion, 
will be to spread the radiant power in a stellar image over a larger area and 
require a longer exposure time. Thus, the exposure time to a given limiting 
magnitude is given by an expression of the form 

a - 1 = c j- 1 2  2nxoIm (xo, 0) dxo 

0 
t 

for a resolution element diameter of a. After substitution of equation (12) 
into equation (15) and evaluation of the integral, one obtains 

- t 1 = 0 . 8 n C ~ ~ I  SP (0,O) [ 1 - e x p  ~ - T ~ ~ ’ ~ ’ ) ]  
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Figure IV-40. Camera resolution as a function of pointing instability. 
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Figure IV-41. Strehl ratio as a function of pointing instability. 
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Now define t = to for p = 0 .  This leads to 

This equation represents the exposure time in units of the exposure time for 
no motion. It is graphed as  a function of pointing instability in Figure IV-42. 
The resolution size has been taken as 0.075 arc  sec, which corresponds to a 
tube resolution of 20 line pairs/mm for a 3 m telescope at f/96. 

In Figure IV-42, note that for short wavelengths the exposure 
time is practical1.y unaffected by small values of pointing instability, but rises 
more rapidly at larger values. Here the stationary image is small and easily 
fills the resolution area at  small instability values. The radiant power within 
the resolution area decreases rapidly after the motion smeared image has 
effectively exceeded the bounds of the resolution area. At longer wavelengths. 
(larger stationary images) the stationary image (at p = 0) may already effec- 
tively exceed the resolution area size, and the decrease in encircled radiant 
power with increasing pointing instability is not so marked. 

c. Spectrograph Exposure Time for Stellar Sources as a Function 
of Slit Width. Before investigation of the effects of pointing degradation upon 
spectrograph performance, it is interesting to see how spectrograph exposure 
time depends on slit width. It is assumed that during an exposure the stellar 
image would be trailed along the slit so as to provide a sufficiently wide spec- 
trum. Assume no pointing error  or  instability. The exposure time is given 
bY 

a 2  

= C s  0.81 ( 0 , O )  exp (- x2; y2) dx dy . 
t sa - -AS SP 

2 

Upon evaluation of the integrals, 
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AS - -  I. - 0 . 8 n C ~ ~ I  (0,O) erf - t SP 27 

Define t = to for AS -a . By substitution and then division, 

Exposure time t/to is a function of slit width AS, a s  expressed by equation 
(20). This relationship is shown in Figure IV-43. At large slit widths, the 
exposure time approaches unity asymptotically. At short wavelengths the 
stellar image is small and easily fills the slit, even at small slit widths. The 
large image at long wavelengths overlaps the slit markedly a t  small slit 
widths. 

d. 
most spectrograph observations carried out aboard the LST, an entrance slit 
will probably be used. Conventionally, an entrance slit is required in spec- 
trography to achieve wavelength resolution on extended images. In the case 
of spectrography of a sufficiently small individual stellar image, the entrance 
slit serves to exclude extraneous sources and radiation. During the exposure 
the star's image is trailed along the slit for a short distance so that the spec- 
trum recorded will have sufficient width. Should pointing error or instability 
occur during such spectrograph exposures aboard the LST, three alternative 
results are possible. 

Effect on Spectrographs of Pointing Error andInstability. For 

1. If the spectrograph entrance slit is widened to accom- 
modate the error or  instability, reduced wavelength resolution will result. 

2. If the slit width remains fixed, longer exposure times 
will be required because of the smaller amount of starlight passing through 
the slit. 

3. The slit may be widened somewhat so that shorter 
exposure times a re  secured at  the expense of some wavelength resolution. 

The effect of pointing error  and instability on spectrograph 
exposure times has been calculated. Let us  consider pointing accuracy first. 
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Figure IV-43. Spectrograph exposure time as  a function of slit width. 
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If the reciprocity law holds, then exposure! time will be inversely proportional 
to the amount of starlight passing through the slit. Perfect pointing stability 
is assumed, and this amount of light is obtained by integration of equation (7 ) .  
For a pointing error  p perpendicular to the slit, the exposure time is given 
bY 

where C is a constant. For perfect pointing, one may define to by 

After division of equation (22) by equation (21) and evaluation of the integrals, 
the result is 

The error function erf is the integral of the Gaussian distribution and is tabu- 
lated in the more extensive mathematical tables. Equation (23) is graphed in 
Figure IV-44 for A = 100 nm to A = 1000 nm. 

Exposure time as a result of pointing instability is obtained 
similarly by integration of equation (12) , where perfect pointing accuracy is 
assumed. For an instability p , the exposure time t is given by 
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Figure IV-44. Spectrograph exposure time as a function of pointing error. 
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For no instability the exposure time to is given by 

which is equivalent to equation (22). After division of equation (23) by equa- 
tion (24) and evaluation of the integrals, one obtains. 

AS erf - t -  27 - -  

This equation is graphed in Figure IV-45 for the same wavelength range. 

Consider the effect of pointing error  as shown by Figure 
IV-44. At short wavelengths where the image is small, the exposure time 
increases rapidly as  the image passes behind a slit jaw. This exposure time 
increase is not as marked for the larger images at  longer wavelengths. As  
shown in Figure IV-45, the effect of small amounts of pointing instability upon 
a small image at  short wavelengths does not noticeably affect spectrograph 
exposure time until the image begins to f i l l  the slit. A s  pointing instability 
increases to larger values and the effectively enlarged image overlaps the 
slit, the exposure time rapidly increases. These effects a re  not a s  marked 
at longer wavelengths. Note by comparison of Figures IV-44 and IV-45 that 
the pointing e r ror  becomes overwhelmingly important at  large pointing param- 
eter values. 

As just mentioned, the spectrograph entrance slit may be 
widened to accommodate pointing degradation so that no increase in exposure 
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time is required. Let AS0 be the chosen slit width for no pointing degrada- 
tion and let AS be the widened value under degraded conditions. Let us con- 
sider pointing e r ror  first. 

Pointing error  will result in longer spectrograph exposure 
times caused by decentering of the stellar image in the slit. The slit width 
AS which is necessary to accommodate a pointing e r ro r  p perpendicular to 
the slit is given by 

( x2 + Y”> 
* 2  

= 1 0 . 8 1  (0,O)exp -‘F dxdy SP -* - as, 
2 

for no pointing instability. The evaluation of the integrals leads to the 
expression 

The slit width AS is thus related to the pointing e r ror  p by 
equation (28), and is graphed in Figure IV-46 for ASo = 0.05 a rc  sec. For 
large values of p , erf (AS/27 + P/T) - 1, and equation (28) becomes 

Note that the curves for 100 nm and 300 nm a re  almost coin- 
cident straight lines in this figure. At these short wavelengths the image is 
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small relative to the slit width, and when the stellar image is decentered in 
the slit, the amount of light intercepted by the far slit jaw is small in com- 
parison with that cut out by the near jaw. Thus, the slit half-width must 
increase nearly equally with the amount of decenter. For longer wavelengths 
and larger images, widening of the slit will increase the amount of light 
passed by the slit a t  the far jaw as well as the near jaw. In this case, for 
small pointing error,  the slit does not have to be widened as  much and thus 
these longer wavelengths curves do not rise as steeply near p = 0. At larger 
values of p , they approach the small image (short wavelength) behavior. 

Consider now pointing instability. The slit width AS which 
is necessary to accommodate a pointing instability p is given by 

as, 
x2 + y2 a 2  

-* -ASQ 
= s 0.81 SP (0,O) e=(- T z  ) dxdy 

2 

for no pointing error. Evaluation of the integrals leads to the expression 

which is true only if 

+ 
AS = 12 ASo 

7 

The slit width AS is related to the pointing stability p by equation (32)  and 
is graphed in Figure IV-47. 
linear expression AS = ( A s o h )  p . 

For p >> T ,  this relationship approaches the 
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The behavior of the curvedin Figure IV-47 is explained by 
the action of the image motion spread function upon the various size stationary 
images. For small stationary images (short wavelengths) 9 image motion has 
a relatively pronounced effect and necessitates relatively large slit width 
increases. For large stationary images (long wavelengths) , ipage motion 
has a relatively lesser effect and requires smaller slit width increases. 

e. Conclusions. An important conclusion drawn from this anal- 
ysis is that for field camera exposures, pointing stability is more important 
than accuracy, whereas for spectrograph exposures, pointing accuracy is 
more important than stability. For field camera exposures, the pointing 
accuracy is often good enough if the object lies within the relatively large 
field of view. Here  pointing instability will degrade the results, a s  evidenced 
by Figure IV-40. For spectrograph exposures, Figures IV-44 and IV-45 show 
the overwhelming importance of pointing accuracy. 

Note also that in many cases, small amounts of pointing 
degradation will have almost nil effect upon instrument performance, whereas 
instrument performance degrades rapidly at  large values of pointing error  and 
instability. This follows from the near zero slope of many of the curves for 
an instability or pointing error near zero. It is true, for example, for 
Figures IV-40 and IV-41 at longer wavelengths and for Figures IV-42, IV-44, 
and IV-45 at  shorter wavelengths. 

A final conclusion is that extremely small spectrograph 
entrance slit widths should be avoided unless required for the highest wave- 
length resolution in some experiments. This is clear from Figure IV-43. 
Larger slit widths also lessen the sensitivity upon pointing error. 

9. Maintenance Mode Analysis and Trades 

1. Introduction. The mission goal of the LST is to provide 15 years 
of on-orbit observation time. Present plans call for the initial 5 years of 
observation to be performed by the precursor LST, with the remaining 10 
years of on-orbit operation being accomplished by the advanced LST. 

To maintain an acceptably high level of operation performance 
during the entire 15-year LST mission duration, the following three inter- 
related factors must be considered: 
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1. Provide for instrument update when warranted by changing 
interest o r  advances in technology. 

Configuration 
Option 

2. Assure system perfopmance for long- time observatory opera- 
tion. 

Number of Relative 
Flight Articles Total Payload 

Required cost  

3. Minimize total LST program cost. 

The following two options exist to sustain the LST performance at 
the desired level for the 15-year mission duration: 

1. Expendable LST - in this option a new LST is placed on orbit 
when the operational LST malfunctions. 

2. Maintainable LST - this option provides for repair of the 
malfunctioning LST to return it to the desired performance level. 

I Expendable LST 
Maintainable LST I 8 

2 
1.8 
1. 0 

I I I 

It is estimated that eight expendable flight vehicles would be 
required for the 15-year mission. This number is based on a component 
design lifetime of 2 years. The number of LST vehicles required for the 
maintainable option includes one precursor for the first 5 years and one 
advanced LST for the remaining 10 years. Because of the cost savings 
expected from building fewer vehicles, the maintainable LST option was 
selected and the expendable LST option was removed from further considera- 
tion. 

2. Maintenance Trade Study Approach. A preliminary maintainability 
analysis was conducted for the LST mission to determine and define a feasible 
maintenance concept. The four following maintenance modes were initially 
considered for the LST spacecraft: 
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1. On-orbit manned maintenance - pressurized. 

2. On-orbit manned maintenance - unpressurized. 

3. On-orbit manipulator maintenance. 

4. Ground-based maintenance. 

The maximum design lifetime for life-limited subsystems and 
instruments has been assessed as  being 21/, years. Consequently, initial 
maintenance trade studies were conducted assuming that s-cheduled main- 
tenance is performed every 2i/, years. Since the precursor LST is to have 
5 years of service, one scheduled service mission was planned. 

.The trade study was accomplished by having specialists in the 
various discipline areas assess each maintenance mode with regard to 
the impact on the design of the LST configuration, design and operational 
flexibility,, performance characteristics , complexity, and development and 
performance risks. 

3. Maintenance Mode Study Results. Table IV-16 lists some 20 
factors comparing and contrasting the four considered maintenance modes. 
The comparison, at this point in time, is qualitative, and as yet no attempt 
has been made to quantify or to arrive a t  "figures of merit" for the various 
comparison remarks. From a technical viewpoint, it can certainly be argued 
that all four maintenance Qptions a re  feasible - each with certain attractive 
and detrimental features. A careful perusal of the table, however, does indi- 
cate that of the four maintenance options, the On-Orbit Manipulator Mode is 
the least attractive because of i ts  shortcomings in the areas of (1) ease of 
maintenance tasks, (2) quantity/complexity of separate operations required, 
(3)  growth potential and flexibility for design changes, (4) interconnection 
quantity and complexity, (5) ease of maintenance tasks, (6)  logistics weight 
and volume requirements, (7) mission sharing possibilities, (8) alignment 
and calibration capability, and (9)  special tool requirements. 

4. Flight Sharing. Since the on-orbit maintenance mission does not 
utilize either the full mass or volume payload capability of the orbiter, LST 
costs could be reduced if some other mission shared the flight with the LST 
maintenance mission. Employing this premise, the Space Shuttle Mission 
Model was surveyed to locate compatible payloads to share flights with the 
LST maintenance mission. 
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Currently, there a re  no ground rules as to how Shuttle flight costs 
a r e  to be prorated for mission sharing. Costs could be prorated on payload 
mass ratio, payload volume ratio, on-orbit operations time ratio, etc., or 
a combination of some or all of the aforementioned factors. As  a result of a 
discussion with engineering cost personnel, it was decided to select payload 
mass a s  the basis for prorating mission sharing costs for this study. 

The selection of payload mass ratio as the basis of cost proration 
means that LST costs can be minimized by selecting the most massive pay- 
loads possible to share the LST maintenance mission flights. In this respect, 
Space Tug missions proved to be some of the best candidates for mission 
sharing. 

It should be noted that down-flight flight sharing does not readily 
apply to the earth return maintenance mode. Since this mode requires 
retrieving the LST, wMch uses most of the orbiter payload bay volume, few 
payloads can be identified to share such down flights. 

Servicing the U T  at its orbit of 611 km (330 n. mi. ) requires the 
orbiter to use an OMS propellant tank which is located in the aft end of the 
payload bay. The full OMS tank mass is 5443 !xg (12 000 lb) and is chargeable 
to the LST maintenance mission as  part of the required LST payload mass. 

a. Number of Flights Required. Table IV-17 shows the number 
of shuttle flights chargeable to each of the candidate maintenance options. A s  
an example, to determine the number of shuttle flights charged to on-orbit 
unpressurized (manipulator) maintenance, locate this maintenance mode in 
the far left column. The column to the immediate right describes the initial 
maintenance upflight. In this case, a Tug mission was selected to share the 
orbiter upflight costs. The current round-trip cost for a Shuttle flight is 
estimated at $ 10.5 million. One-way flight was considered to be half the 
round-trip cost, o r  $ 5.25 million. Recalling that costs a re  prorated on 
payload mass ratio, the LST portion of the cost is determined as follows: 

1. LST Maintenance Mission Mass  

Spares Plus Support Equipment 3 652 kg 
OMS 5 443 kg 

Total 9 095 kg 
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2. Shared Payload 

Tug Payload 
Tug 

( Tug Mission) 

Total 

467 kg 
16 818 kg 
17 285 kg 

3. Total Flight Payload Mass 26 380 kg 

The LST portion of the flight is 

$5.25 M - Og5 - - (0.345) $ 5.25 M = $ 1.81 M. 
26 380 

The next two columns, "Retrieval of I;STff and "Return LST to Orbit," do not 
apply to this maintenance option. 
sharing for the earth return flight. The procedure for calculating prorated 
costs is the same as previously described. The final result is that the LST 
program is charged for a portion of the cost of one round trip Shuttle flight 
for on-orbit unpr es surized maintenance. 

The next to last line contains the flight- 

The on-orbit pressurized (manned) maintenance flight sharing 
is similar to the previously discussed case. It, too, is charged for a por- 
tion of one round-trip flight on the orbiter. 

Earth return maintenance is not charged for the initial Shuttle 
upflight. The LST will be retrieved on the downleg of a mission to deploy a 
payload. Studying Table IV-17 reveals that the LST program is charged for 
one and one-half round-trip Shuttle flights (three one-way flights) for the 
earth return maintenance option. As will be discussed later, orbiter flight 
costs a r e  a major discriminator when comparing maintenance options. 

b. Orbital Operations During Flight Sharing. Thus far the dis- 
cussion on flight-sharing has been devoted to the physical compatibility of 
payloads. The operational compatibility of shared payloads must also be 
considered. Figure IV-48 shows that it is operationally feasible to deploy a 
Tug at  a 185 km (100 n. mi. ) orbit, have the orbiter transfer to a 611 km 
(330 n. mi. ) orbit, rendezvous with the LST, perform the LST maintenance 
mission, have the Tug rendezvous with the orbiter at the 611 km orbit and 
have the orbiter return to earth with the empty Tug. The upper timeline in 
Figure IV-48 illustrates the Tug events and the lower timeline presents con- 
current LST maintenance activities. The 124 hours available for LST main- 
tenance represents a minimum value due to a combination of worst case 
assumptions with respect to Tug phasing. 
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Detailed crew activity schedules of the maintenance operations 
show that the required maintenance can be performed by two crewmen in 2 
working days. Therefore, flight sharing with Tug missions provides ample 
time to conduct the LST maintenance. 

5. Scheduled Maintenance Cost Comparison. The results of the cost 
comparison study of the three candidate scheduled maintenance methods are 
given in Table IV-18. On-orbit pressurized maintenance was selected as the 
cost study design reference, and costs are presented a s  millions of dollars 
difference ( A )  from the baseline. The four cost columns give delta costs for 
( 1) shuttle flights, (2)  design, development, test and engineering (DDT& E) , 
(3) recurring cost (REC) , and (4) total cost. 

The Shuttle flight costs for the on-orbit pressurized maintenance 
and the on-orbit unpressurized maintenance using manipulators a re  essentially 
equal, since both missions were shared with a Tug flight. The earth return 
case is based on the cost of one and one-half round trips above the baseline 
mission. 

Two sets of cost numbers are  presented for the on-orbit unpres- 
surized maintenance method using manipulators. These two cases bracket a 
range of estimates (NASA and industry) which results from an uncertainty as  
to the type and amount of required testing. From Table IV-18 on-orbit unpres- 
surized maintenance using manipulators is seen to be the least attractive 
option from a cost standpoint and was eliminated from further consideration. 

Although earth return maintenance appears to be more costly than 
on-orbit pressurized maintenance, the $ 8.84 million is considered to be with- 
in the accuracy of the cost estimating techniques. Therefore, the earth return 
and on-orbit pressurized maintenance were considered equal competitors at  
this point. 

Again referring to Table IV-18, the Shuttle flight cost for the earth 
return maintenance option is $ 11.82 million greater than the baseline. With 
sharing effects included, the design reference maintenance mission Shuttle 
flight cost is $ 3.93 million. Although scheduled maintenance may be planned, 
contingency or  unplanned maintenance must be considered as a very realistic 
possibility. The cost impact of an additional maintenance visit during the 
5-year precursor mission is presented in Table IV-19. Again the cost base- 
line is on-orbit manned maintenance with one maintenance mission. The costs 
shown are  in millions of dollars difference from the baseline. It is clear that 
the earth return maintenance cost is highly sensitive to the number of 
maintenance missions required. A s  a result of these findings, the on-orbit 
manned maintenance concept was selected a s  the recommended maintenance 
mode for purposes of detailed study. 
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6 .  Recommended Design Reference Maintenance Method. The 
selection of on-orbit manned maintenance was made under the ground rule of 
one scheduled mhntenance mission after 21/, years of LST operation. Pertur- 
bation of the schedule was accomplished by'assessing the impact of a contin- 
gency maintenance f light. Therefore, inherent in the scheduled maintenance 
concept is the requirement for designing to accommodate unscheduled contin- 
gency maintenance. It follows that if the LST requires maintenance prior to 
the scheduled time, unscheduled maintenance will probably be performed. If 
the LST is performing at an acceptable level at  the time for scheduled main- 
tenance, maintenance will probably be postponed until required. Therefore, 
unscheduled maintenance better satisfies real-world requirements. 

In summary, the selected maintenance concept is upscheduled, 
on-orbit manned maintenance. The necessary spares are packaged in the 
lower bay of the Shuttle crew compartment. Equipment will be replaced only 
when required because of failure o r  scientific update. Unscheduled mainte- 
nance will allow for a reduction in the design lifetime of equipment from 21/, 
years to some shorter time. Future studies will be required to determine 
the least cost design lifetime/maintenance frequency combination. 

The LST maintenance mission will share Shuttle flights with other 
payloads to reduce costs. The LST may be returned to earth for major main- 
tenance when dictated by complexity of repair or when major upgrading of 
optical or  instrument systems is required. 
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CHAPTER V. CONFIGURATION AND SYSTEM ALTERNATIVES 

A. Concept Comparisons 

A comparison of several different concepts of the LST was made. Data 
from other sources were utilized, where available, including the Goddard Space 
Flight Center LST Preliminary Analysis and Design Report (Rev. A ) ,  dated 
December 1971. The basis of the configuration concepts is the method of 
performing maintenance on the LST, primarily on the support systems module 
(SSM) systems. The concepts which were compared are  shown in Figure V-1. 
The three broad categories into which the concepts were divided are  (1) on- 
orbit pressurized maintenance, ( 2) on-orbit unpressurized maintenance, and 
(3)  ground-based maintenance concepts. A l l  concepts except the "unpressur- 
ized concept with large external packages" a re  based on passive thermal 
control of the scientific instrument package (SIP) and SSM systems. The 
large external package concept is based on the utilization of heat pipes. 

The unpres sur iz ed on-orbit maintenance configurations were divided 
into four subconcepts: 

1. Replacement of small internal packages. 

2. Replacement of small external packages. 

3 .  Replacement of large external packages. 

4. Replacement of the entire aft end of the LST. 

A l l  unpressurized maintenance concepts given above would utilize manipulators 
or special purpose handling equipment. 

On the basis of a comparison of maintenance modes presented in 
Appendix C and the mission sharing and cost comparisons presented in 
Chapter IV, the on-orbit pressurized concept was selected as the design 
reference concept for more detailed analysis in Phase A. 

B. Telescope f -number Trades - Overal l  LST Effects 

Parametric studies were made to determine the effects on the overall 
LST design of having "slower" or "faster'' telescope systems. Table V-1 
shows in qualitative terms the general effects of selecting slower o r  faster 
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optics. Several parametric curves were geoerated in the range between 
f /2.2, fs/12 and f /3.0, f /30, since.this range seemed to he the most 
P P S 

feasible to consider. Although telescopes anywhere within this range might 
be made to work, the faster systems appear to have more advantages. In 
the Phase A study, the guideline of having the Titan 111 launch as ,a  backup to 
the Shuttle launch imposed mass and length constraints which excluded some 
choices of slower systems, a s  shown in Figure V-2. In this partieular case, 
the primary mirror was 3 . 0  m in diameter, and the thermal control concept 
was constrained to be a passive one, with a 20-percent margin. The use of 
a passive thermal control system necessitates some minimum amount of area 
of the SSM walls for radiation of heat. It also imposes a limit on the density 
of component arrangement and resulting heat dissipation per unit area. The 
length of the SSM was determined by either the thermal control constraint or  
by the SIP length, whichever was larger. A second case which was run with 
a 3-m diameter primary mirror was a "minimum clearance" case (Fig. V-3), 
in which the clearance required to remove an SIP instrument dictated the 
SSM length, and the thermal control system was not constrained to be passive. 
The 20-percent thermal control margin case was run for a 2.5-m diameter 
primary mirror;  the curve is shown in Figure V-4. 

In all  cases, it is felt that a 20-percent mass margin is the minimum 
that should be allowed a t  this early point in the LST program. Sketches 
showing the major LST elements (optical telescope assembly, SIP, and SSM) 
approximately to scale a re  provided for two choices of f-number in Figures 
V-5 through V-8. The first two of these would have ample clearance in shroud 
length, whereas the last two would exceed the shroud length. In these cases, 
the number of reflections for each instrument in the SIP was maintained con- 
stant, and the diameter of the collimating mirror for the spectrographs was 
maintained constant, to help provide a more common basis for comparison. 
Obviously, these design parameters could be changed to shorten the SIP, at  
the expense of instrument performance. 

Subsequent to generating these data, the reference configuration for this 
study was selected, which had several significant differences from the config- 
on which these data were based. Some of these differences a re  the selection 
of graphite-epoxy rather than invar-titanium for the optical telescope assembly 
(OTA) and SIP primary structures, reduction in size of the fine guidance 
field, reduction in size of the spectrographs, and reduction of reaction control 
system (RCS) requirements. A total mass reduction of about 770 kg (1700 lb) 
was achieved because of these changes. A s  a point of reference, the first 
case was rerun using the current reference LST design and updated launch 
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Figure V-2. LST length as  a function of system focal ratio for the 
3-m LST 20-percent thermal control margin. 
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vehicle performance numbers. The data a re  shown in Figure V-9. These data 
show that a slower system may now be selected than was feasible under the 
previous design parameters. It is anticipated that the selection of f-number 
will be reopened as  a yiable area of study in the Phase B studies. 

Should the requirement for retaining the Titan backup launch capability 
be removed, the length and mass constraints would be significantly relieved 
as  far as  the LXT design alone is concerned. However, since increased mass 
and length would make it more difficult for the LST to share Shuttle launches 
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with other payloads (and thereby share costs) , the choice of a longer and more 
massive LST would have to be traded against programmatic considerations. I n  
general, it appears that there will always be a strong driver for the LST to 
have a low mass and be as  short a s  is.reasonably possible. 

C. Light Shield Trades 

The LST will have a light shield (sunshade) that will be extended after 
the spacecraft attains orbit. The function of the light shield is to exclude 
direct sunlight from the telescope and to reduce the intensity of scattered 
light from all sources at the telescope image plane. 

1. Thermal Considerations. To maintain the thermal balance of the 
OTA, it is necessary that the light shield be geometrically configured to 
eliminate the incidence of solar radiation onto the inner surfaces of the OTA. 
A thermal model of the OTA with a right circular cylindrical light shield (90- 
degree truncation angle) was analyzed at a number of orbit and spacecraft 
orientations relative to the solar vector. It was determined from this analysis 
that if the telescope were pointed at an object in the solar hemisphere, the 
relatively large heat input from the sun would cause the primary mirror to 
exceed its maximum allowable temperatujre. The time requirement for solar 
hemisphere observation with a cylindrical light shield was not strictly 
determined; however, it is expected to be on the order of a few hours. 

A similar analysis was made using a cylindrical light shield 
which was truncated at a 45-degree angle. For this configuration i t  was shown 
that the LST could view any object located outside a 45-degree, half-cone 
angle centered on the sun for an unrestricted period of time. The impact on 
the thermal control of the OTA of additional energy from the earth entering 
through the truncated portion of the light shield was shown to be acceptable. 

It was concluded that a truncated light shield is necessary to 
maintain the proper thermal balance of the OTA when viewing sources in the 
solar hemisphere. 

2. Viewing Considerations. To maximize useful viewing time of the 
LST, it will be necessary to view sources during the daylight a s  well a s  the 
dark portion of the orbit. Figure V-10 gives an indication of the effect of sun 
angle on LST viewing capability for a 90-degree truncation of the light shield. 
A s  the telescope is pointed toward the sun, i. e. , when the sun angle becomes 
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Figure V-10. Effect of sun angle. 

less than 90 degrees, sunlight enters the telescope tube. The effect is an 
increase in the level of stray light and a loss of faint star viewing capability. 
Figure V-11 indicates the increase in near sun viewing capability that results 
from various light shield truncation angles. Viewing condition 3 is indicated 
in Figure V-11 to be the condition when the telescope is opposite a sunlit 
earth, but with no earthlight entering the tube. The limit of this condition is 
reached with a 90-degree truncated light shield whenever the telescope is 
pointed at an angle of less  than 90 degrees to the sun. This same limit is not 
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reached with a 30-degree truncated light shield, however, until the telescope 
is pointed within 30 degrees of the sun. Therefore, the 30-degree truncation 
angle permits viewing of a much larger portion of the celestial sphere during 
the sunlit portion of an orbit than the 90-degree truncated light shield does. 
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The interior surface of the light shield is a polished optical surface. 
The constraints for faint object viewing a re  shown in Figure V-12. The sun 
angle, a! , must be greater than the truncation angle so that no sunlight can 
enter the telescope tube. Light from the bright earth must strike the inner 
surface of the light shield a t  an angle, P , less than 90 degrees, so that most 
of the light is reflected out of the tube. In addition, the polished optical inner 
surface of the light shield is coated with a "black mirror" thin film coating. 
This coating has the property of absorbing energy in the visible region of the 
spectrum, while reflecting energy in the infrared region. The reflection 
characteristic of the coating multiplies that of the optical substrate so that 
the earthlight entering the tube will be reduced to a level that can be handled 
effectively by the internal telescope baffles. 

The operating constraints defined by the design of the light shield 
and specified in Figure V-12 determine the interval during an orbit when 
observations may be made and when they may not. Viewing conditions during 
an orbit a r e  defined in Figure V-13 for the simplest case in which both the 
sun and the source being viewed lie in the orbit plane. The source is at  an 
angle of 30 degrees away from the solar vector. Viewing condition 1, shown 
in Figure V-13 and in Figure V-11, is the condition where earthlight is shining. 
into the telescope tube and strikes the secondary mirror support. Under this 
condition, the dimmest s ta r  that is visible in the telescope is visual magnitude 
( M  ) 14. Condition 2 represents the case where earthlight is still shining into 

the telescope tube, but does not strike the secondary mirror support; dim star 
visibility has been increased from M 14 to M 17 to 19. 

V 

V V 

Viewing condition 3 (Figs. V-11 and V-13) is the limiting operating 
condition defined by the light shield design, a s  specified in Figure V-12. The 
angle between the limb of the bright earth and the telescope line of sight, P , 
is 90 degrees at this point in the orbit. This angle will decrease a s  the space- 
craft continues around its orbit. The dimmest s ta r  visible in the telescope at  
viewing condition 3 is M 20 to 23. Viewing conditions continue to improve 

from this point in the orbit until the spacecraft reaches the point where viewing 
condition 4 is defined. A t  this point, the source becomes occulted by the 
earth; limiting visible star magnitude is 26 to 29. The viewing conditions 
defined in Figure V-12 a re  met during 127 degrees of the orbit, a s  illustrated 
in Figure V-13. 

V 

3. Recommended Configuration. The duration during an orbit of faint 
source viewing conditions is a function of the truncation angle of the light shield 
and the angle between the solar vector and the source vector. This is shown 
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in Figure V-14. The truncation angle of the light shield does not have a 
significant effect on orbit viewing time for sources that a r e  at angles greater 
than 90 degrees from the sun. However, a small truncation angle permits 
viewing sources that a r e  located near the sun, and this results in a greater 
portion of the sky being visible to the telescope than if the truncation angle 
were large. The increase in percent of the celestial sphere visible to the 
LST as the light shield truncation angle is decreased is shown in Figure V-15 
and Table V-2. If the truncation angle is 90 degrees, 50 percent of the 
celestial sphere cannot be viewed without violating the constraints defined in 
Figure V-12. Reducing the truncation angle from 90 to 6 0  degrees permits 
viewing in an additional 25 percent of the sky, for a total of 75  percent. 
Reducing the truncation angle from 60 to 45 degrees increases total sky 
visibility by an additional 10 percent and changing from 45 to 30 degrees 
increases visibility by an additional 8 percent. 

Truncation of the light shield at  a 30-degree angle makes the shield 
much longer on one side than on the opposite side. This produces problems 
in the structural design of the shield and shield deployment mechanism,' and 
reduces the effectiveness of suppression of stray light from the bright earth. 
A truncation angle of 45 degrees for the LST design reference was chosen for 
the Phase A study as being a good compromise between providing maximum 
sky coverage and minimizing design problems. 

D. Optics 
An important part of the activity of the Phase A study program was 

to establish the basic optical parameters that are most appropriate to the LST, 
that are  compatible with the specified launch vehicles and that would enable 
the LST to perform the widest possible scientific mission. The speed (f- 
number) of the primary mirror was governed by the necessity of matching the 
length of the telescope to that of the secondary launch vehicle, the Titan IIIE/ 
Orbit Adjust Stage (OAS) , and by mass considerations. The chosen f/2.2 
speed yielded the lightest and shortest payload. The upper boundary for an 
acceptable primary f-number appeared to be about f/3. Study showed that 
optical performance (as  measured by Strehl, for instance) varied very little 
over a wide range of primary mirror and system f-numbers. Indeed, the 
largest optical effect is obtained from the variation of the central obstruction 
with general system parameters, and during the progress of the study, sub- 
stantial reductions in this factor were obtained by reducing the size of the 
annular field used for offset guidance. The improvement in performance due 
to this reduction in the size of the tracking field is much larger than the entire 
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Figure V-15. Sky coverage increments as a function of 
minimum sun angle. 

variation obtained by varying the f-numbers over ranges of 2.0 to 4.0, and 8 
to 24, respectively. An additional benefit to be obtained from the reduced 
guide field is that the complex five-element refracting corrector is simplified 
and a fine guidance system is not needed in the reticle plate. 
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1. Aperture Selection. The scientific usefulness of a space-based 
telescope is most importantly related to the improvement in angular resolution 
that may be obtained by removal of atmospheric degradation and the consequent 
improvement in ability to detect dim objects. A s  the aperture of the space 
telescope decreases, its performance becomes comparable to earth-based 
instruments, and the only remaining justification for the instrument is the 
wider spectral response, free from atmospheric effects. To justify an LST, 
it is necessary that its performance be maximum, and therefore the maximum 
aperture that can be launched must be chosen. Since the secondary launch 
vehicle is the Titan IIIE/OAS, the outside diameter of the telescope is limited 
to 3.7 m (145 in.). The Space Shuttle has a larger aperture capacity, but 
the LST must be compatible with the secondary launch vehicle. When allowance 
has been made for light shield, meteoroid shield, metering structure, and 
baffles, the largest feasible aperture is 3 m (118 in.). 

2. Choice of Telescope Type. Previous studies indicated that both the 
Ritchey-Chretien and Gregorian types of telescope should be considered for 
the LST application. During the beginning of the present Phase A study, a 
more detailed comparison of the Gregorian and Ritchey-Chretien telescope was 
carried out under the added constraint of a length-limited Titan 111 vehicle. 

The length constraints imposed by the Titan IIIE on the selection 
of the telescope configuration quickly limited the selection to Cassegrain and 
Gregorian telescopes of equal length. A faster primary was required for the 
Gregorian, f / l .  5 versus f/2.2 for the Cassegrain, a s  shown in Figure V-16. 
The departure from a spherical surface for the faster primary will be much 
greater; hence its manufacture will be much more difficult. The alignment 
tolerances a re  also tighter for the faster primary, further complicating the 
thermostructural design of the primary-secondary metering truss and requiring 
far more precise decenter measurement. The backward-curving focal plane 
would be an advantage with some imaging tubes, although present efforts a t  
Princeton University a re  directed toward the development of flat surface, 
magnetic focused image tubes for the LST, and these a re  equally compatible 
with either system. 

3. Selection of Primary Mirror f-Number. A s  mentioned above, the 
primary mirror f-number has been set by.the compromise in length between 
the spacecraft (Support Systems Module) and telescope (OTA) portions of the 
LST. The optical factors relating to this choice a r e  (1) manufacturing ease 
versus quality, (2) the ability to maintain alignment, (3)  sensitivity to 
vibration, and (4) central obstruction. A previous detailed study showed that 
the above factors balanced in such a way that variation in optical quality was 
insignificant over the range of relevant values. 
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(a) Baseline Cassegrain 
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Figure V-16. Comparison of aplanatic Gregorians and 
design reference Cassegrain. 

4. Selection of System f-Number Optical Effects. When the overall 
system f-number is faster than about f/15, greater care must be exercised 
in the design of such instrument accessories as the fine guidance or spectro- 
graph slits, because the size of the diffraction limited s ta r  image becomes 
small (i. e. , has point spread functions of the order of 7 to 14 pm) a s  compared 
to easily fabricated components. Furthermore, the small image scale makes 
it difficult to package several instruments in proximity. A faster system 
provides a larger field of view with a given image tube, which is usually 
limited by the ability to span distances with thin flimsy elements within the 
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tube o r  by the pixel throughput of the electron beam readout. A slower system 
decreases obscuration up to a point, beyond which it increases again. The 
most important potential of a slow system is the possibility of placing the image 
sensor surface directly into the first real  image plane of the telescope. The 
state of the a r t  of image tubes is presently such that spatial resolution of the 
order of 20 lines/mm is obtained at  50-percent modulation. If the tube resolu- 
tion is not to significantly degrade the telescope optical resolution, a system 
f-number of the order of f/100 is required. Clearly, it is not feasible to 
build a telescope at  f/100 without gravely compromising the fine guidance 
system, and there is the difficulty of staying within the vehicle length without 
an excessive number of folding mirrors. An intermediate alternative was 
investigated in which a stage of electronic magnification of the order of 2X to 
3X is introduced into the tube. This method would require an optical focal 
plane of about f/30 to f/50. Such systems were investigated in the study, and 
it was found that the system length required for this configuration was exces- 
sive for the Titan IIIE vehicle. By drastically altering the spacecraft config- 
uration and using a side-mounted docking adapter, it was found to be conceptu- 
ally possible to accommodate an f/30 system, but the drastic nature of the 
required alterations made this alternative unacceptable, since a possible 
incompatibility with the Shuttle and Space Tug programs was introduced. If 
the emphasis of the scientific community on far-ultraviolet observations were 
to be considerably increased, one might reconsider imaging in the first real  
image plane of the telescope because of the greatly increased optical system 
transmission below 110 nm. 

The present choice of system f-number (f/12) has been made for 
reasons of system compactness and because it has been shown that existing 
sensing elements a re  compatible with the small scale images in the focal plane. 

5. Folding Optics. To distribute the telescope image to the various 
instruments (spectrographs, guidance sensors, f/96 relay, etc. ) , one or  
several folding mirrors  a re  used just in front of the primary image plane. 
These mirrors  allow the instruments to be spread around the optical axis. 
To ensure that the mountings of these mirrors do not obstruct the guidance 
field, they a re  mounted directly to a glass plate that is normal to the telescope 
axis on the front side of the folding optics assembly. The glass plate is 
perforated and baffled to allow ultraviolet light to be transmitted without loss. 
Refractive effects of the plate on the guidance field are  included in the optical 
design and a re  expected to be slight if low scatter surfacing techniques a re  
used. This glass plate with its attached mirrors  can be removed as  a unit 
from the assembly. 
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An early concept that was considered consisted of one small mirror 
that rotated to fold the data field to selected instruments, or moved aside to 
allow the light to pass to other instruments. This is shown schematically in 
Figure V-17. Although this concept provides great flexibility, it has the 
significant shortcoming that a failure of the translating/rotating mirror in an 
intermediate position would prevent further observations 

A more reliable configuration, based on sharing of the available 
field, is shown in Figure V-18. A t  the center of the data field is a fixed fold 
mirror that brings a 0.174-mrad (0.6-arc min) image through a power 
changer to the f/96 cameras. This mirror is on the optic axis of the telescope 
to ensure that the image tube will not significantly degrade the resolution of 
the optical system. 

By offsetting the telescope about 1.59 mrad (5.5 a rc  min) , the 
beam is brought to the 1.39-mrad (4.8-arc min) f/12 cameras via a stationary 
fold mirror. The image quality is lower since it is off axis, but at  f/12 the 
image tube will be the resolution-limiting factor. 

t 
TELESCOPE 

I 

I 
GUIDE 

''' %-= RADIALGROUP 
RETRACTED JQ 
POSITION OF I 

MIRROR AXIAL GROUP 
FOLDING f 

Figure V-17. An alternate focal plane layout that was not selected. 
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TO f/12 camera 
1.4 x 1.4 mrad, 
L 6  mrad off axis 

To spectrometer To spectrometer 
0.22 to 0.66 pm 

Guide field 
7.0 mrad O.D. 
4.6 mrad LD. 1 mrad off axis 

To mid-infrared 
spectrometer To figure sensor 

spectrometer 
0.73 mrad 
off axis To f/96 camera 

/ 

on optical axis 

Figure If-18. Design reference f/12 image plane format. 

Offsetting the telescope in the other direction allows the light to 
pass to the various spectrographs, and another offset (e.g, , out of the plane 
of the page) illuminates other instruments. 

Small stationary spherical mirrors a r e  used to bring light to the 
infrared spectrographs and the focus and figure sensors, all of which require 
negligible field. The spherical surface, properly tilted, gives excellent 
correction over a small field, even though it may be several milliradians 
(arc-minutes) off axis. 
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6. Mirror Material Selection. Constant development in the technology 
of producing large diameter , lightweight mirror blanks demands a continuous 
surveillance of the industry in order to rationally select the appropriate mate- 
rial  for any particular application. Specifically, the LST requires a primary 
mirror of 3-m (120-in.) diameter to be figured to a minimum surface e r ror  
of h/64 rms, which quality is to be maintained for a 10-year ojrbital lifetime 
in a controlled thermal environment of *3" C. 

Several materials were considered for this application: Corning 
ULE , titanium silicate, Owen-Illinois Cer-Vit, fused silica, 2 ero-Dur, and 
crystalline quartz. Due to the overall size requirement, the need for a 
lightweight blank, and the desire to minimize the sensitivity to thermal varia- 
tion, the choice was reduced to two prime candidates, Cer-Vit and ULE. 

A comparison of the relative merits of Cer-Vit and ULE is given 
in Table V 3  on the basis of the listed parameters. A s  can be seen from this 
evaluation matrix, Cer-Vit  has the highest point total and is a major influence 
on the selection. While some of the weighting factors and influence coefficients 
values may be disputed, it is apparent the Cer-Vit does have a distinct edge 
for the LST application. 

The primary basis for the selection is more influenced by the 
manufacturability problems and the resulting design latitude that it offers 
rather than by a material problem along with a substantial cost influence. 

The general impression is that a s  a substrate material, ULE and 
Cer-Vit  a r e  acceptable. However, Cer-Vit offers a higher degree of confidence 
in producing an operational mirror  of the described quality in the LST opera- 
tional environmnet. 

7 .  Optical Coatings. Since the large orbiting telescope is expected 
to operate as  a general purpose instrument, optical coatings that would operate 
over as  broad a wavelength range a s  possible were investigated. The useful- 
ness of coating materials over the range of 0 .1  to 100 pm was evaluated; 
however, no materials transmit throughout this entire region. Since the optical 
system must be primarily reflective in form, efforts were concentrated on 
metallics. Data available in the literature show the reflectivity of the most 
commonly used metals over a 0.22- to 40-pm region. Aluminum is the only 
metal that maintains a high ( 2  86 percent) reflectivity in this region. The 
reflectivity of aluminum in the far infrared also shows it to be well behaved. 
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If reflectance below 200 nm is not required, an aluminum film 
overcoated with AGO, or  SiO, can be used. These films a re  quite durable and 
can be cleaned without damage. For  some components of the LST, this may 
be the coating of choice. When reflectance is required in the region below 
200 nm, MgF, or  LiF-overcoated aluminum are  the only choices. The spectral 
performance of these two combinations is shown in Figure V-19. The 250- 
nm thickness of the MgFz represents the thinnest layer that provides adequate 
protection from degradation due to atmospheric oxygen. Neither of these 
coatings can be regarded as  cleanable, and both require special handling 
precautions. MgF, is normally thought of as a durable hard film because of its 
use as an antireflection coating. For  this application, it is soft because it 
must be deposited at  room temperature rather than at  250bC. Aluminum loses 
its reflectivity if it is heated and any protective coating must be deposited on 
an unheated substrate. 

Wavelength, nanometers 

Figure V-19. Spectral performance of MgF, and LiF overcoated aluminum. 
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The decision between these is almost automatic once the system 
requirements have been defined. Since MgF, provides higher reflectance 
above 120 nm and has less tendency to degrade on exposure to atmospheric 
humidity, the decision to use LiF as  an overcoating material would only be 
made if the region between 95.0 and 115 nm was of overriding importance. 

E. Structural Concepts 

In several instances, alternate concepts a r e  to be investigated before 
final determination of configurations and design can be made. The major 
items to be considered in that respect a r e  the fcllowing: 

1. OTA Graphite Epoxy Shell 

2. Pressure Bulkhead and Primary Ring 

3. SIP Support Structure 

4. Rollout Solar Array 

5. Primary Mirror Support 

6 .  Spider Beam 

1. OTA Graphite Epoxy Shell Study. The objective of this study was 
to assess the potential of advanced composite materials for certain major 
structural components of the optical telescope assembly of the LST. The 
technical approach taken was to redesign the OTA metering structure, primary 
light baffles , meteoroid shield, extendible light shield, and secondary mirror  
mounting beams to take advantage of the low coefficient of expansion, high 
strength, high stiffness, and low density of graphite epoxy materials. 

Advanced composite materials differ greatly from metallic struc- 
tural materials in basic mechanical and physical behavior, in optimum struc- 
tural arrangement, and in fabrication processing. It was felt desirable, 
therefore, to reconfigure the all-metal OTA configuration ( a  combination 
of a truss and several shells) for the graphite epoxy shell study. The basic 
criteria for the two structural concepts a r e  the same, of course, in terms 
of allowable distortion, environment, applied loads, and size constraints. 
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The configuration selected for study in graphite epoxy consists of 
an integrated metering shell structure and primary light baffle, surrounded 
by a very low mass light shield shell (Fig. V-20). This arrangement is not 
necessarily the lowest mass configuration, but it will save significant mass 
over the metal structure. 

The cylindrical shell combines the functions of light baffle and 
metering structure, thus reducing the number of concentric cylinders from 
four ( t russ  design) to three (shell design) , Figure V-21. This allows 
reductions of the diameters of the meteoroid shield and the light shield so 
that the outside diameter of the LST could be reduced from 3680 mm (145 in.) 
to 3580 mm (141 in.). On the other hand, the outside diameter could be held 
constant and more radial clearance between the three cylinders could be 
provided. Additional advantages of the shell design a r e  the improved interface 
to bulkhead and SSM and considerably simplified assembly procedures. 

The final thermal distortion analysis results indicate that the 
graphite epoxy OTA structure is very stable during the worst thermal con- 
dition, because it handily meets all of the design criteria and constraints. 
The natural frequencies a r e  high; therefore, launch dynamics a r e  not expected 
to be significant and the on-orbit dynamics effects will be minimized. 

It was concluded from the study that the shell design is a viable 
concept and that it possesses most of the desirable structural features that 
the spacecraft should have. 

Further detail discussion on this alternate design is given in 
Appendix A of this volume. 

2. Pressure Bulkhead and Primary Ring. It would be advantageous 
to use a flat bulkhead rather than the expensive curved bulkhead a t  the forward 
end of the SSM, if it can be shown that this change has no adverse effect on 
the primary mirror. In that case the function of the primary ring can, to a 
large extent, be taken over by the stiff honeycomb bulkhead. 

3. SIP Support Structure. A s  an alternate to the eight outrigger-type 
supports of the reference design, a statically determinate three-point design, 
a s  indicated in Figure V-22, is structurally feasible. It is noted that the 
distance, d, can be selected to satisfy the thermal requirements. 

Although the advantages of this concept with regard to structural 
matters, analyses, and installation a re  obvious, its thermal conditions and 
alignment requirements need clarification. 
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4. Rollout Solar Array. Rollout solgr arrays offer some mass savings 
relative to the reference arrays. Such savings may well be offset, however, 
by the redesign required to avoid interference with the Titan shroud dynamic 
envelope. The interference of the current rollout array design is indicated 
by the crosshatched areas in Figure V-23. 

In addition, a separate support structure and stiffer SSM longerons 
will be needed, since the aft ring of the SSM cannot be used for suEh purposes. 
These structural influences and potential dynamic problems require careful 
investigation if rollout arrays a re  to be considered. 

5.  Primary Mirror Support. The reference design shows the primary 
mirror supports to be clamped to the ring-bulkhead system. A s  a result, 
thermal effects cause radial loads to the mirror. Their assessment is com- 
plicated and time consuming. Such problems can be avoided by eliminathg 
the clamping of the support brackets. This concept is outlined in Figure V-24. 
This concept is also expected to simplify the assembly procedure; however, 
its feasibility with regard to the optical performance has not yet been 
established. 

6. Spider Beam. The reference design has the secondary mirror 
nested inside a circular ring frame. Beams extend radially from this ring 
frame to the metering structure, where all four a r e  rigidly connected. The 
flexibility (spring action) inherent in this concept can be eliminated by an 
arrangement such as shown in Figure V-25. In this case the beams are  
located above (i. e., behind) the secondary mirror, which allows their 
arrangement in a simple and rigid cruciform structure. The secondary 
mirror is attached to the underside of the spiderbeam and there is no inter- 
ference with the mirror adjustment mechanisms. A circular disk on the 
upper side is required to carry light baffles. In this case, the forward end of 
the metering structure can either be extended to achieve a rather flat profile 
of the spider beam arrangement, or it can remain at  or near its present 
station, which would require steeper beams. 

The connection between the four ends of the spider beam and the 
metering structure need not be a rigid attachment; a statically determinate 
support concept may be used instead. 

Again, the feasibility with regard to the optical requirements is 
to be established. 
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F. Thermal Control 
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One of the most attractive features of the graphite epoxy truss is 
that different types of the composite materials, having different coefficients 
of thermal expansion, can be used for the rings and struts. This will allow 
the design of an extremely thermally stable structure. The same concept of 
athermalization was explored with the use of titanium rings and invar struts. 
The results of the analysis were satisfactory with all requirements satisfied. 
However, mass magnetic properties, and thermal stability characteristics led 
to the choice of graphite epoxy over the titanium-invar combination. 

2. SSM/SIP. An alternate to the reference design approach to pro- 
viding SSM/SII? thermal control was studied. The fluid loop system shown 
in Figure V-26 was considered. The basic operating temperature of the 
components was to be 20 f 4°C.  The temperature at which the heat energy 
is removed at  the cold plates is determined by the efficiencies of the conductive 
and convective heat transport mechanisms in series. A double loop system 
was considered because of the working environment provided within the SSM 

OUTER LOOP 

LIQ/LIQ HEAT 
EXCHANGER 

. 
SIP COLD PLATE3 

@ - BYPASSVALVE 

REFRIGERANT 
PUMPS 

Figure V-26. Schematic of alternate thermal control system for 
SIP components. 
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during manned occupancy. No toxic working fluids, such as the common 
refrigerants, can be permitted to pass through the manned environment. 
Therefore, water was selected as the working fluid for the internal loop. 
Freon 21 was selected for the external loop to prevent freezing in the radiator 
during periods of low environmental heating and/or low internal heat load. 
The fluid loop system was shown to satisfy all SSM/SIP thermal design require- 
ments. However, lower reliability, the possibility of telescope fine pointing 
interference, greater contamination potential, difficulty in maintenance, and 
cost led to rejection of this approach. 

In addition to the fluid loop system for SSM/SIP thermal control, 
variable conductance heat pipes were considered. Reliability of a heat pipe 
system would theoretically be better than for the fluid loop, but the lack 
of previously demonstrated flight systems employing controllable heat pipes 
led to the rejection of this system. 

G. Electrical Power and Dis t r ibut ion 

Before selecting the reference design electrical system, several 
alternate system configurations and subsystem concepts were considered. 
Numerous assembly and component designs were also studied for the 
application. 

Centralized versus decentralized distribution schemes were evaluated 
with respect to design complexity, redundancy, reliable controls and pro- 
tection, versatility, and cost. Centralized systems appear to cost less 
because the amount of hardware is less and design management is better. 
The versatility is poorer, however, and integration time is greater. The 
main distribution network of the reference system is centralized; secondary 
distribution is decentralized for versatility, fault isolation, and maintenance 
rea sons. 

Four electrical power subsystem (EPS) configurations were analyzed; 
and their performance, design, operational constraints, and potential costs 
were compared. Dedicated charge control for each battery was considered 
essential in all cases. BPS types 1, 2, and 4 were regulated approaches; 
type 3 was unregulated. These candidates included series and shunt regulator 
concepts as  well. Type 1 was selected as the design reference. It was 
considered the best compromise of design and operational characteristics 
with efficiency and cost. The potential higher efficiency of the type 4 system 
makes it a candidate worthy of further in-depth study. It could be most cost 
effective. 
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Three basic types of solar arrays - rigid panel type, flexible panel 
type and semirigid type - were considered. In addition, several variations 
of these types were studied. The rationale for the selection of the design 
reference array was based on comparisons shown in Table V-4. The alternate 
launch vehicle constraints and preliminary cost estimates were the factors 
favoring the reference design. However, the flexible solar arrays offer 
significant design and operational advantages when Shuttle operations and 
maintenance a re  considered. In addition, the growing use of the flexible 
arrays could make them equal or lower in cost than the design reference 
panels in the near future. 

Although the batteries to be used for Skylab, Mariner; and HEAO are  
feasible candidates for the LST, the reference battery is considered a low 
cost, high performance design concept for the future. Based on previous 
studies of low cost designs for future payloads, the concept offers ruggedness, 
commonality with commercial production tooling, and a high degree of stand- 
ardization of cells and assemblies to effect lower cost. This can be done 
without sacrificing reliable performance or  the versatility of selecting energy 
capacity. 

Many of the tradeoffs considered a t  the assembly and component level 
were considered too detailed and lengthy for discussion in this report. For 
example, conventional cabling connectors were compared with zero-g types, 
flat conductor types, and automatic/remotely operated types. Semiconductor 
switching circuits were compared to relays or contactors for power switching. 
Although all candidates had specific advantages, conventional, proven hard- 
ware was adequate and was used. In some cases, alternates appeared to be 
equivalent to the reference design on a preliminary design and cost basis. 
For example, previously designed dc torque motors, gears, and controls could 
satisfy the array orientation drive requirements a s  well a s  the stepper- 
harmonic drive assembly selected. Since such assemblies must be adapted 
to the array requirements, cost differences would be insignificant. 

H. Communications and Data Handling 

Alternatives were considered within the communications and data 
handling system in the following areas: 

1. Ground Station Selection 

2. Antenna Configuration 
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3.  Antenna Isolation 

4. Image Tube Selection 

5. Mass Memory Survey 

6.  Computer Configuration Analysis 

7. TDRSS Data Return 

The following discussion lists the alternatives within each of these areas 
together with the reasons for making the final selections. 

1. Ground Station Selection. In  the area of ground station selection, 
stations from two former networks were considered, MSFN and STADA’N. 
Two criteria were used in selecting the stations. The first criterion was that 
the station had to be visible to the spacecraft from its orbit. The second 
ground station selection criterion pertained to equipment available at  the 
station. 

The ground network used in the reference design is composed of 
six stations selected from both the MSFN and STADAN systems. These six 
stations a re  now part of a larger net called the Spacecraft Tracking and Data 
Network (STDN) . Only stations with unified S-band capability having 9.144-m 
(30-ft) antennas were selected. The selected ground sites were originally 
Canary Islands (CYI) , Ascension Island (ACN) , Carnarvon (CRO) , Guam 
(GWM) , Hawaii (HAW) , and Goldstone (GDSX) . Current NASA studies have 
dictated a requirement that the tracking facilities a t  CRO be phased out of the 
STDN in 1974. Since the LST is scheduled to operate initially in 1979, sub- 
sequent simulated analysis has assumed a possible participation of Orroral 
Valley (ORRX) instead of CRO. 

2. Antenna Configuration, An antenna configuration tradeoff analysis 
was performed on four configurations. The first configuration consisted of 
six antennas, with four antennas located around the circumference of the LST 
body and two antennas located on the ends of the LST body. The second 
configuration had an antenna a t  either end of the LST, with a t  least one antenna 
on a boom. A third configuration had two antennas 180 degrees apart on the 
LST body, and one of the antennas was boom-mounted. The fourth configura- 
tion utilizes the solar arrays a s  antenna booms, and had one antenna on the 
end of each of the two solar panels. Configuration number four was chosen 
a s  the reference design because it provided the best overall antenna coverage 
with isolated antennas. 
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3.  Antenna Isolation. Both frequency diversity and polarization 
diversity were considered as  methods of isolating the two conical spiral 
antennas. Frequency diversity was chosen primarily for reasons of ground 
station compatibility. 

4. Image Tube Selection. In the area of image tube selection, many 
candidates were considered. The three primary candidates were the return 
beam vidicon (RBV) , the secondary electron conduction (SEC) vidicon, and 
the silicon intensified target (SIT) vidicon. The RBV was considered a 
doubtful candidate because of the absence of a suitable mass memory system 
n6eded for optimum utilization of this tube. SEC was chosen over the SIT 
tube €or the majority of tube applications because of its long target storage 
capability. 

5. Mass Memory Survey. A mass memory technology survey was 
performed to determine the feasibility of utilizing a mass memory with the 
RBV. The following memories were examined a s  candidates for the LST 
mass memory: ferrite core, tape recorders, magnetic bubble, DTPL, 
Dynabit, plated wire, surface wave acoustic delay lines, laminated ferrite, 
optical beam, oligatomic film, charge coupled devices, metal nitride oxide 
silicon (MNOS) , complementary metal oxide semiconductor (CMOS) , and 
Sonic Boram. It was concluded from this survey that no suitable mass 
memory system exists at  this time for LST application because of the large 
mass and/or power requirements. 

6 .  Computer Configuration. A computer configuration analysis was 
performed to determine how many computers were needed. Three primary 
LST functions were identified, initially as candidates for onboard computer 
support: 

1. ACS system and solar array pointing. 

2. Spacecraft data handling and the SIP and OTA housekeeping. 

3. OTA and SIP control and computations. 

To support these functions three computer configurations were 
considered: 

1. Alternative I - Three separate computers, one for each 
function. 
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2. Alternative 11 - A single computer for all functions. 

3. Alternative 111 - Two separate computers. 

After examining the data handling and computational requirements of all LST 
functions, it was determined that two separate computers would be utilized, 
one for the ACS system and one for control of SIP operations. 

7. Tracking and Data Relay Satellite System Data Return. An alter- 
native to the use of outlying tracking stations and National Aeronautics and Space 
Space Administration Communications Network (NASCOM) for returning 
scientific data to the central operations control station is the utilization of the 
synchronous orbit tracking and data relay satellite system (TDRSS) . 

An assessment was made of the impact upon the LST reference 
design configuration of utilizing a TDRSS system. A design of a spacecraft 
terminal was made that interfaced with the K band TDRSS under study by 

Goddard Spaceflight Center. Some of the proposed characteristics of this 
system a r e  as  follows: 

U 

1. Transmit frequency, 13.4 to 14.2 GHz. 

2. Receive frequency, 14.4 to 15.35 GHz. 

3. Antenna, 2.4-m (8-ft) dish. 

The spacecraft terminal was designed to be capable of utilizing 
the 50-megabit capability of the TDRSS. The physical characteristics of the 
terminal a r e  given in Figure V-27. The two antennas a r e  2.4-m (8-ft) , 
steerable, 2 degree of rotary freedom, rigid dishes mounted on 8.6-m (338- 
in.) booms. A monopulse tracking loop maintains lock on the TDRSS. The 
spacecraft transmitter output power is 40 W. Except for the data receiver, 
all hardware (identified as "boom mounted components" in Figure V-27) is 
mounted on the antenna side of the gimbal joint. The frenquency crossing the 
gimbal is thus reduced from K band down to approximately 100 MHz, and 

flexible cables rather than a rotary joint transmission line can be used. 
U 

An antenna boom design of a lock-alloy (62 Be-38AL) hollow 
circular tube of 8.9-cm (3.5-in. ) outside diameter and 0.95-cm (0.374-in.) 
thickness was investigated in a dynamic analysis. It was found that pointing 
accuracy of 0.005 a rc  sec could be maintained even while slewing one antenna 
to acquire while the other was tracking. 
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The TDRSS system will make real  time data transmission back 
to the control center possible, but this capability must be carefully weighed 
against the impacts of the mass, power, and the large tracking antenna of the 
spacecraft terminal. 

1. Attitude Control 

Alternate configurations for the attitude control system ( ACS) were 
not considered on a complete system basis, but rather from an individual 
component standpoint. The alternates considered were further categorized 
into sensors, actuators, and signal processing. 

1. Reference Gyro Assembly. Reference gyro assembly (RGA) 
alternates were considered primarily from the standpoint of the following 
configurations and operating concepts: 

1. ,Dodecahedron 

a. Three active plus three standby 

b. Four active plus two standby 

c. Six active 

2. Tetrahedron 

a. Three active plus one standby 

b. Four active 

3. Five-Pack 

a. 

b. 

c. Five active 

Three active plus two standby 

Four active plus one standby 

4. Dual Orthogonal Triad 

a. 

b. Six active 

Three active plus three standby 
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The dodecahedron configuration with four active and two standby gyros for 
normal operation was selected because of commonality with HEAO, better 
reliability, and ease of fault detection. 

2. Star Trackers. The ACS star tracker alternates considered were 
classified a s  fixed s ta r  trackers (FST) or  gimbaled s ta r  trackers (GST) . 
Secondary alternates for each classification a re  the number of trackers, 
installation geometry, and the required redundancy. The design reference 
selected was three FSTs arranged symmetrically about the minus Z-axis in 
the Y-Z plane with two active trackers and one standby tracker during normal 
operation. Alternate selections considered and their advantages are  as 
follows : 

1. 
with increased accuracy. 

Four to six FSTs - permits smaller field of view (FOV) 

2. Two GSTs - larger effective FOV, smaller instantaneous 
FOV. 

3. More than two GSTs. 

The three FSTs selected provide the required accuracy and s ta r  coverage and 
have advantages in reliability, operational and mounting simplicity, cost, 
mass and power. 

3.  Sun Sensors. Alternates to the sun sensors selected a re  digital 
sun sensors and other types of analog sun sensors. The sun sensor selected 
is common to HEAO and has cost and reliability advantages over the digital 
sun sensor. There a re  other types of analog sun sensors that a re  competitive 
in price and reliability and a final selection will probably depend largely on 
commonality with HEAO. 

4. Momentum Exchange System. The principal building blocks used 
in formulating the momentum exchange systems that were compared were 
reaction wheels (RWs) , single gimbal control moment gyros ( SGCMGS) , and 
double gimbal control moment gyros ( DGCMGs) . The primary alternate 
systems and configurations that were evaluated were: 

1. Three DGCMGs 

2. Four skewed SGCMGs at skew angles of: 
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a. 53.1 degrees (near spherical envelope) 

b. 30.0 degrees 

Two scissored pair ensemble explicit distribution ( 2-SPEED) 3. 
SGCMG system 

4. Four skewed RWs a t  skew angles of: 

a. 63.1 degrees (near spherical envelope) 

b. 76.0 degrees 

The augmentation of any of the above basic systems by either a 
small RW or  a small CMG system was also considered a s  a means of improving 
the pointing stability during experimentation. Complete details of the momen- 
tum exchange system trade study a re  contained in Volume V, Chapter VI. 

CMGs were selected over RWs because of mass and power 
advantages and because of the larger dynamic range. The four-skewed 
SGCMG configuration was selected over DGCMGs for reliability purposes. 

The 2-SPEED SGCMG system is considered to have excellent 
possibilities as  an alternate system because of its singularity avoidance 
capability. It has the other basic advantages of the design reference system 
(four-skewed SGCMGs, 30-degree skew angle), but the 2-SPEED SGCMG was 
not selected because it is in a developmental stage and further evaluation is 
needed. 

5. RCS Concepts. An alternate RCS considered for the LST during 
the Phase A study was a monopropellant hydrazine system. A monopropellant 
hydrazine RCS provides good performance (specific impulse 120 to 230 sec) , 
and the total system mass when applied to the LST is low; i. e. , 82 kg (180 lb) . 
A hydrazine RCS is simple and reliable for long periods of operation. How- 
ever, a hydrazine RCS for the LST is believed to be more expensive than a 
GN, system. The exhaust of a hydrazine RCS is not considered to be a 
contamination-producing source, but hydrazine is toxic and may produce 
harmful effects due to ingestion, inhalation of vapors, o r  contact with the 
skin. The toxicity effects of hydrazine could prove fatal to man, and for this 
reason, a hydrazine RCS for the LST was rejected. 
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The RCS selected for the LST (GN,) is slightly heavier than the 
hydrazine system; i. e., 104 kg versus 82 kg (230 lb versus 180 lb) . However, 
in sizing both systems, existing components were used. The performance 
of the GN, system is less than the hydrazine system (GN, specific impulse, 
60 to 70 sec) . The GN, RCS is simple and highly reliable as the regulated 
GN, RCS of the Mariner 64 spacecraft demonstrated a 2.5-year lifetime. A 
GN, system requires the least cost for reliable hardware. The exhaust gas 
of a GN, RCS is clean, and GN, is not toxic unless, of course, the entire 
environment becomes saturated with nitrogen. 

Two types of GN, reaction control systems were considered for 
the LST - a blowdown system and a regulated systsm. The blowdown system 
was rejected primarily because the initial high thrust produced by such a 
system would cause the spacecraft to overshoot its deadband and initiate 
limit cycling. This would result in inefficient utilization of propellant. Also ,  
since the thrust level is constantly decreasing, complexity is added to the 
guidance system in determining the thrust level at all times. 
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CHAPTER VI. INTERFACES 

The major program elements required for the LST missions are: 

1. LST Spacecraft 

2. Launch Vehicle 

3.  Mechanical and Electrical Support Equipment 

4. Maintenance Support Equipment and Logistics 

5. Tracking and Data Acquisition Network 

6 .  Mission Control Center 

7.  Facilities 

Only cursory consideration was given to facilities and logistics during the 
Phase A study. Facility interfaces with the LST and support equipment were 
not investigated. Logistics analyses were limited to potential spares and 
characteristics needed for in-space maintenance as  discussed in Chapter VI1 
of Volume V and Chapter IV of this volume. 

Functional and accessibility interfaces with the ground tracking network 
were analyzed and are  discussed in Chapter VI of Volume V and Chapter I11 of 
this volume. 

Support equipment studies were limited primarily to in-space mainte- 
nance requirements and associated interfaces with the Shuttle systems. Unique 
mechanical ground support equipment, adapted to the LST configuration, will 
be required for interface tests, handling, and transporting the LST. Such 
equipment has not been specifically defined. The ground electrical support 
equipment (GESE) interfaces were considered on a general functional basis. 
The electrical interfaces that this equipment has with the LST will be made 
identical to those to be established with the in-space electrical support equip- 
ment (IESE) that will be used for launch, orbital checkout, and maintenance 
operations. Except for the adaptive sections and that required for special 
optical testing, the GESE is considered to be standard support hardware. Most 
of the GESE could be assembled from panels and racks of equipment produced 
for other programs such a s  Skylab, HEAO, and Apollo Telescope Mount (ATM) , 
if made available. 



The study ground rule to design for both a Shuttle launch and an 
alternate Titan launch has a moderate influence on the interfaces. 

It was assumed that the LST spacecraft consisted of three separable 
major elements - optical telescope assembly (OTA) , the scientific instrument 
package (SIP), and the support systems module (SSM) . The interfaces and 
integration concepts between these elements and between the LST and launch 
vehicle a r e  discussed in the following. 

A. LSTlLaunch Vehicle Interfaces 

1. Mechanical Interfaces 

a. LST/Shuttle Mechanical Interfaces. The LST reference 
design illustrated by Figure VI-1 is supported in the Shuttle by a statically 
determinate four-point cradle a s  shown in Figure VI-2. The cross-sectional 
schematic of this cradle, given in Figure VI-3, shows the load bearing attach- 
ment points. 

The attachment point on the large aft ring of the SSM takes 
loads along the Shuttle pitch axis only, while the points in the yaw plane on 
the OTA primary ring take pitch and longitudinal loads only. The third point 
on the primary ring in the pitch plane takes loads along the yaw axis only. 
A l l  of the attachments a r e  designed so that moments a re  not transmitted to 
the LST from the Shuttle through the cradle. With this attachment arrange- 
ment, the LST structural system will thus be completely relieved of loads 
induced by structural deflections of the Shuttle during flight. The SSM struc- 
ture was designed to withstand concentrated attachment interface loads. 

The OTA primary ring was checked for Shuttle launch loads. 
It was found to be adequate and required only local modification to allow 
installation of the attach fittings. 

b. LST/Titan Mechanical Interfaces. The LST-Titan launch 
configuration is shown in Figure VI-4. Fo r  the alternate Titan launch, a 
4 . 3  -mm, ( 0.17 -in. ) thick conical adapter shown in Figure VI-5 , Detail By is 
provided to attach the spacecraft to the Orbit Adjust Stage (OAS) kick stage. 
"Super Zip" joints a s  shown in Figure VI-5 separate the LST from the OAS. 
"Super Zip" stands for a pyrotechnic method for cutting a seam through sheet 
metal. It is also used to separate the Titan-Viking shroud from the LST. The 
adaptor and aerodynamic fairing remain with the LST spacecraft. 

VI- 2 



- 
t 
b .  

VI-3 

d 



1 

f 

k 
0 w 
a, 

? 
k u 
N 

I 
H 
3 

VI-4 

d 



VI- 5 

d 



1- SHROUD SEPARATION PLANE 
- LST I OAS SEPARATION PLANE 

Figure VI-4. IST-Titan launch configuration. 

c. LST/Shuttle-Titan Common Mechanical Interface. Since, 
for either the Shuttle-launched o r  Titan-launched LST, maintenance or 
recovery must be by the Shuttle, some items, of necessity, must be common 
to both launch modes. A docking mechanism must be provided for both, a s  
well a s  a Shuttle-provided pressurization system. The reference design, 
shown in Figure VI-5, provides a docking system of a t  least 1-m opening 

~ based on the "International Docking System." The docked LST will be pres- 
surized through the docking assembly by bottled gas provided by the Shuttle. 

The reference design LST uses a Shuttle-mounted tilt-table 
for docking for retrieval/maintenance operations or  for deploying the LST 
from the Orbiter. Figure VI-6 shows the LST in its erected position prior 
to release from the Orbiter. The tilt-table retracts the LST into the Shuttle 
bay a s  shown in Figure VI-7. Figure VI-8, with Figure VI-5, shows that the 
LST may be made operational by deploying the light shield and solar array 
and that all systems may be checked out before undocking the LST. There is 
adequate clearance to rotate the solar array as  required. 
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Figure VI-8. LST docked to Shuttle with solar array deployed. 

2. LSThhuttle Contamination Control Interfaces. The LST contam- 
ination control support equipment to be installed on board the Shuttle has a 

~~ 

mass of 164 kg (362 lb) , packaged dimensions of 650 mm by 670 mm by 
1170 mm, and a total average power requirement of 870 W. In addition to the 
support equipment, approximately 30 m3 { 1000 ft?) of orbiter volume with an 
individually controlled clean environment sealed off from the contamination of 
the support vehicle is required for spares and work space for the maintenance 
crew. This space should be directly accessible to the docked and pressurized 
LST during maintenance operations and provide a plenum for the backflow of 
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high efficiency particulate air (HEPA) filtered from the SIP and SSM. To 
this volume will be connected the inlets of the contamination control equipment 
package which will, in turn, be interconnected with a separate dedicated 
environmental control/life support system (EC/LSS) loop operating independ- 
ently from the support vehicle (Shuttle) EC/LSS during LST maintenance. 
The sealing-off of the control volume may be accomplished by an air-supported 
fabric that maintains a proper cleanliness/air flow barrier without imposing 
safety problems such a s  emergency egress, etc. , which might accrue with 
hard structure. 

3. LST/Shuttle Manned Maintenace Interfaces. The Shuttle Orbiter' s 
EC /LSS atmospheric revitalization subsystem will provide for LST atmospheric 
revitalization during periods of manned maintenance by providing flow into and 
out of the LST. 

The Orbiter's airlock support subsystem will provide the systems 
required for extravehicular activity (EVA) , payload bay access, and access 
to the pressurized volume of the LST during manned maintenance activities. 

Mobility aids a re  provided in the payload bay and Orbiter structure. 
These mobility aids include strategically located handholds, tether-attachment 
points, and foot restraints at  work areas. Similar mobility aids will be 
provided on payloads that require EVA/intravehicular activity (IVA) crew 
operations such as  maintenance, inspection, or  deployment. 

The EVA capability for a minimum of two crewmen is provided by 
the Orbiter. To support EVA, the Orbiter has an airlock, EVA equipment 
storage and donning area,  extravehicular life support system (EVLSS) 
recharging station, crew mobility aids, and the necessary communication 
circuits and monitoring systems for on-orbit operations. The EVA equipment 
and expendables a re  available and a re  chargeable to the payload. This EVA 
equipment includes (1) pressure garment assemblies ( P G A s )  , (2)  EVLSSs, 
(3)  maneuvering systems, (4) tool kits, (5) restraints, and ( 6 )  portable 
lights. Standard tools and a torquing device a re  included in the tool kit. 
Specialized tools and tool adapters a re  provided by the payload. 

4. LST/Launch Vehicle Thermal Interfaces 

a. LST/Space Shuttle Interface. The thermal control interface 
between the LST and the Space Shuttle is specified by payload bay temperatures, 
LST/carrier hard-mounts, pressure equilization venting during ascent and 
descent, and LST internal heat sources. Table VI-1 summarizes the allowable 
internal payload bay wall temperature extremes for pre-launch, launch, and 
entry. The environment within the payload bay for on-orbit conditions depends 
on orientation and LST internal energy dissipation. 
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Mission Phase 

Pre-launch 

Launch/A scent 

Entry 

a. Provided by ground support equipment gas 
purge. 

Temperature Limits, O C 

24 f 5.5a 

-40 to 65.6 

-78.9 to 93.3 

During ascent the maximum temperature rise of the side wall 
of the SSM has been estimated at  41" C. 

During orbital maintenance, a thermally controlled air  environ- 
ment is supplied from the Shuttle Orbiter, contributing to the thermal control 
scheme of the SSM. 

b. LST/Titan Thermal and Environmental Interfaces. The 
thermal control interface between the LST and the Viking 17.07-m (56-ft) 
shroud (for  Titan IIIE launch) is specified by the ascent trajectory and the 
insulation scheme on the internal surfaces of the shroud. This interface has 
not, to date, been quantitatively defined. 

The LST will withstand without damage the boost environment 
maximum conditions listed in Table VI-2. 

TABLE VI-2. ENVIRONMENTAL REQUIREMENTS FOR A TITAN LAUNCH 

Local Factor 
Longitudinal 
Lateral 

Vibration 
Shock 
A c oust ic P res sur  e 
Pressure Change 
Temperature 
Heating Rate 

+6.0 f 2.5 g 
*1.5 g 

4 g rms  
2400 g at 4000 Hz 
145 dB 
1-13 X lo3 N/m2/sec (0.25 psi/sec) 
57.3"C (135°F) 
346.5 W/m2 (110 Btu/ft2 hr) 
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The LST will not undergo transient excursions outside the 
boost dynamic envelope of 3.7-m ( 147 -in. ) diameter imposed by shroud 
separation. 

5. Electrical Interfaces with Launch Vehicle 

a. Electrical System Interface Summary. The electrical distri- 
bution system within the LST spacecraft integrates the subsystems into an 
overall functional system. Because of the SSM functional role and its position 
in the spacecraft, the electrical distribution subsystem (EDS) of the SSM must 
s'atisfy the interface requirements of the OTA and SIP. It must also accomplish 
the integration of the LST with the launch vehicle and support equipment. 

The elementary block diagram of Figure VI-9 depicts the LST 
subsystem complement and shows the major electrical system interfaces. 

b. Shuttle/SSM Electrical Interfaces. The Shuttle Orbiter 
assumes control of the LST during the launch, the orbital checkout, the in- 
space maintenance, or  the retrieval operational phases of the mission. When- 
ever the LST is within the Orbiter payload bay, or  attached to the docking 
adaptor, hardwire cabling links a re  established to service, monitor, and 
locally control the electrical functions of the spacecraft. The Orbiter also 
has receivers and transmitters capable of monitoring and commanding control 
of the LST by radio frequency (RF)  links. The ground stations relinquish 
control of the free-flying LST to the Orbiter during checkout, station keeping, 
rendezvous, docking, and release periods of operational support. During in- 
space maintenance and support operations, the Orbiter provides two-way voice 
communications between ground stations and payload operations. The Orbiter 
R F  equipment is also capable of sending LST data to, or receiving commands 
from, the ground station. 

The external electrical connections provided for the LST will 
satisfy all  the test, checkout, and control requirements and will be compatible 
with the IESE , the GESE, and with the Orbiter provisions. A l l  external con- 
nectors will be located around the docking port of the SSM. These shall be 
easily accessible to either a suited or  unsuited man within the pressurizable 
docking adaptor which will provide access to the spacecraft. Manual ,discon- 
nects should satisfy the majority of the interface requirements for the refer- 
ence LST. Since the LST can be made self-sustaining prior to release, by 
transferring power and controls, the interfaces can be de-energized and 
disconnected in advance of payload separation. Therefore, automatic flyaway 
umbilicals do not appear to be necessary. Table VI-3 lists the interface 
connectors allocated for location on the SSM. 
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Pre-installed cables will be provided in the pressurizable 
docking adaptor for mating with the SSM. They shall be routed to avoid inter- 
ference with passageways and will not pass through doors o r  parts for safety 
reasons. A l l  cabling will be protected against possible damage during manned 
access operations. Unless required for redundant equipment, cabling and 
hardware dedicated to test and checkout will not be redundant. Feedthrough 
connectors will provide electrical access to the IESE in the Orbiter. 

To the extent possible, cabling and provisions for test and 
maintenance will be electrically isolated from the active U T  systems to assure 
reliable, trouble-free operations. A l l  cabling will be accessible and easily 
installed or  replaced. Complex harnessing or  installation strapping is to be 
avoided. 

Cabling required to initiate release and separation of the LST 
does not interface with the SSM and is not routed through the docking adaptor. 
It originates from a connector panel provided in the cargo bay and terminates 
a t  the release devices located on the erection mechanism. Similarly, the 
cabling for the contamination control equipment originates from the same 
panel. 

Other functional requirements for the SSM interface a re  given 
with the description of the IESE. Electrical interface requirements a re  also 
summarized later in Table VI-6. 

c. Electrical Support Equipment Interfaces. The IESE will 
consist of space-hardened, versatile checkout equipment (to be used for other 
payloads) and adaptive LST dedicated equipment to assure that the electrical 
interfaces a re  identical to those of GESE used for LST pre-delivery and pre- 
launch checkout. When the LST is attached to the Orbiter, the cables from 
the SSM external connectors a re  routed to the IESE which will be located at  
the payload checkout station in the Shuttle. 

The IESE will provide manual controls, visual indicators, 
instruments, power converters, signal supplies, patch distributors, CRTs 
and keyboard, recorders, encoders, decoders, electronic buffers, and 
adaptive circuitry needed to operate and test the LST. This equipment will 
be compatible with the Orbiter equipment. It will serve as the interface adaptor 
between the LST and the Orbiter subsystems that will provide power, data, and 
communications services during launch, in-orbit checkout, o r  maintenance 
operations. It will also have connections for contamination control equipment 
and for ground utilities and services, to be provided for installation checkout 
prior to the Orbiter being staged o r  made ready. 
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Once the Orbiter is made ready at  the launch pad, it supplies 
services to the IESE for  payload operation and checkout. The payload is then 
under local control of the crew from the payload checkout station o r  in some 
cases from the other Orbiter stations. From this point, RF command up-link 
o r  data down-links to the LST will be via the Orbiter system. For  equipment 
and personnel safety during launch and orbital checkout, the payload command 
system will be interlocked so that only hardwire commands via the IESE can 
operate LST equipment. Normal checkout and exercising on the LST sub- 
systems will be accomplished from the payload checkout station using the 
coax cables to LST equipment dedicated to command and data retrieval. 
When direct commands to an attached LST are  permitted, potentially hazard- 
ous functions will be interlocked separately. 

The IESE receives power at  28 Vdc from the Orbiter power 
subsystem. Manual controls, instrumentation, and converters in the IESE 
energize the LST buses and control distribution. Converters step up and 
control the voltage delivered to the primary (solar) buses. The IESE has 
special provisions for conditioning batteries and for load checks on the LST 
batteries and arrays during maintenance. Controls and instrumentation a re  
also provided for energizing contamination control equipment and for internal 
lighting. Individual controls for each of the eight lights will be provided. 

The LST power requirements a r e  within the capability of the 
Orbiter electrical power system (EPS) . The orbiter can supply between 3 
and 6 kW depending on the mission phase. LST power requirements a re  
summarized briefly in Table VI-4. The LST requires more energy than the 
50 kW-h provided by the basic Orbiter when IESE and Contamination control 
requirements a re  considered. However, the Shuttle can provide additional 
reactant tanks to provide additional energy. Only the mass and volume penalty 
is charged to the payload. The mass penalty would be about 1 kg/kW-h. 

The voice communication link provides for possible mainte- 
nance and replacement operations within the LST. The crew member in the 
LST is in constant communication with the Shuttle crew. This enhances the 
safety of such operations. The Shuttle will provide audio sending and receiving 
stations a t  the commander/pilot consoles and at  the payload checkout station. 
It is also expected that the Shuttle will  provide the portable audio equipment 
to be used inside the LST spacecraft. 

The caution and warning (C&W) assembly located in the SSM 
will interface with the IESE. Similar equipment will be located on the IESE 
console. The IESE will  also provide interfaces with the Orbiter C&W system 
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to exchange the necessary C&W signals. Some payload signals may be directed 
to the commander's station. Potential caution and warning functions a re  listed 
in Table VI-5. 

IESE test connectors provide access to special test points 
within the SSM/OTA/SIP subsystems for calibration of sensors , troubleshooting 
faults, and evaluating the status and redundancy of various critical assemblies 
and instruments. Dedicated and general purpose test  instruments a r e  provided 
in addition to the CRTs. Power supplies for special sensors and signal con- 
ditioning for analog signals a r e  also provided in this equipment as  needed. 

d. Electrical Interfaces for Alternate Launch Vehicle. The 
external electrical interfaces of the LST spacecraft a r e  designed for integration 
with the Shuttle. Should the alternate Titan launch vehicle be used, an add-on 
"mod-kit" consisting of junction assemblies and adaptor cables will be provided 
for easy adaptation to the launch vehicle interfaces. 

To avoid complexity in the LST, active interfaces with the 
alternate launch vehicle were avoided. A complete injection stage is assumed 
that would provide its own power; guidance and control, communications, and 
data functions and would deliver the LST into the specified orbit. Since the 
shroud ejection is from the injection stage, signal lines related to shroud 
ejection and LST separation would be used to initiate LST functional sequences 
such a s  array deployment. 

Electrical interfaces would also be required with the launch 
vehicle to provide access to the ground electrical support equipment necessary 
for pre-launch operations and checkout. Flyaway umbilicals for payload sup- 
port a r e  not provided at  the Eastern Test Range; therefore, GESE cables a re  
removed approximately 2 hours before launch. LST batteries must be sized 
for this additional period of self -sustained operation. 

From T-2 hours through the launch phase, the LST is powered 
down to conserve energy. Equipment essential to initiating LST operations is 
energized from the SSM batteries. Initial LST functions a re  sequenced from 
shroud'ejection and payload separation. Once the shroud is removed, LST 
operations can be controlled from the ground via the command link. 

6 .  Pointing Control Interfaces with the Shuttle. Precision pointing 
and attitude control is not required to meet the LST/Shuttle interface require- 
ments. The phases in the mission where attitude control is required for 
interfacing a re  at  LST release into orbit, and during rendezvous and docking. 
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When the Shuttle releases the LST into orbit, it is desirable, but 
not necessary, that the initial LST attitude be roughly that required for the 
sun acquisition mode. However, the Shuttle design should not be driven by 
any initial attitude requirements becau;;e the altitude control system ( ACS) has 
been designed to stabilize the LST and acquire the sun acquisition mode attitude 
from any initial attitude. 

For rendezvous and docking, transponders compatible with the 
Shuttle rendezvous and docking system will be available on the LST. The 
selection of transponders will be influenced by the Shuttle system and may be 
a*system of passive corner reflector cubes for a laser radar docking system, 
or compatible transponders if a clockwise radar system is selected. The 
primary interface requirement for attitude control will be rate  stabilization. 
A secondary requirement that could exist is for a specific attitude orientation 
to facilitate the rendezvous and docking maneuver. The reference ACS has 
sufficient attitude hold capability. If misdock occurs resulting in large 
impulses being applied to the LST, an RCS provides stabilization control 
torques. 

7. Preliminary LST/Shuttle Interface Summary. The preliminary 
interfaces established for the LST/Shuttle a r e  summarized in Tables VI-6 and 
VI-7. 

B. General LST Interfaces 
This section describes interface requirements and provisions con- 

sidered applicable to all elements of the LST. 

1. General Environmental Requirement. The environmental require- 
ments given for the LST launch vehicle interfaces in Sections A .  4 and A. 7 of 
this chapter a r e  applicable to all elements of the LST. 

2. Electrical Interfaces 

a. Test and Maintenance in Space. The SSM will provide inter- 
faces and electrical networks for LST in-space test and maintenance .' 

The test and maintenance support networks a re  to be activated 
only through external LST connections when electrical support equipment is 
available for the various test and maintenance operations. The test network 
will be common for, and made compatible with, both GESE and IESE . The 
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maintenance networks a r e  only needed for in-space maintenance with the 
Shuttle. These provide for illumination, local communications, life support 
sensors and accommodations, and warning alerts necessary for manned 
maintenance operations. 

Based on historical safety concepts and procedures, approxi- 
mately 39 kg of electrical equipment is installed in the LST to satisfy esti- 
mated interface, test, and maintenance requirements. These accommodations 
will be dependent on the mechanization and equipment provisions of the Orbiter. 
The operational procedures and constraints, and safety requirements have not 
i e t  been fully defined for the Shuttle. 

Eight 30-W flourescent light fixtures a re  located in the vicinity 
of the OTA, SIP, and SSM equipment to be maintained. These units a r e  
powered and may be individually controlled from the IESE a s  necessary. The 
power necessary will be supplied from the Orbiter power source to the IESE. 

A caution and warning assembly is installed to provide visual 
and audible alarms to a crew member working in the LST. He will be alerted 
to potential hazardous conditions that may develop in either the LST or the 
Shuttle. A separate cable to exchange safety signals exists between the LST and 
Shuttle so that the same alerts a re  displayed in the payload and in the Shuttle. 

Three plug-in receptacles, cabling, and interface connectors 
provide a voice communications link to the Shuttle. This link is to be adapted 
to either suited or unsuited operations within the LST. 

Separate test cables a r e  provided for the OTA, SIP, EPS, 
ACS, and communications and data handling system (C&DHS) for easier 
integration and troubleshooting. This avoids complex harnesses and is con- 
sistent with modularization and maintenance concepts. They provide special 
hardwire access for checking redundancy, critical components , and for 
checkout and fault location in the event of failures such a s  nonoperative com- 
mand or data equipment. Should the number of external connectors be con- 
strained by the docking adaptor o r  the Shuttle system, a junction box will be 
added to the SSM to channel the internal test cabling to the interface connectors. 

Coax cables provide data and command channels to the IESE 
for  normal checkout and maintenance. Normally, the onboard LST data and 
command equipment will  be used for maintenance and checkout. 
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The LST has provisions to accept power from the Shuttle via 
the IESE. Control of power distribution and major EPS assemblies may be 
effected from the IESE. 

b. Standards and Hardware. To assure reliable, trouble-free 
operations, electrical system specifications, standards, and verification 
prockdures will be established that will be applicable to the OTA, SIP, and 
SSM. 

Qualified, proven system hardware and processes will be 
specified for a l l  elements to assure system integrity and interface compati- 
bility. Tentative Specifications for cabling, connectors, switching devices, 
etc. , are given in Volume V, Chapter Tv. 

c. Electromagnetic Control. A n  electromagnetic control (EMC) 
plan based on existing specifications will be established. The requirements 
to be imposed shall be specifically adapted to the LST. To assure trouble- 
free operation, accuracy of controls, and high quality data, rigid controls 
will be imposed on the design and implementation of the LST system. Appli- 
cable concepts and standards a re  as  follows: 

1. System Design Requirements 

a. Electrical Bonding 

(1) The structure will be electrically bonded to 
provide a low impedance electrical ground reference plane. 

(2) Provide an electrostatic discharge path 
between spacecraft, scientific instruments, and the boost vehicle. 

b. Electrical Grounding - Single-point electrical 
ground concept with design implementation a s  specified in the EMC control 
plan to be established for LST. 

2. System Compatibility Requirement - The spacecraft 
equipment, scientific instruments, and Shutt1.e-borne equipment will be 
designed such that an electromagnetic compatibility margin exists at  the 
integrated Shuttle/spacecraft level with respect to the self-generated inter- 
ference environment in accordance with MIL-E -6051D. 
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3. System EMC Verification - Verification that EMC 
requirements have been satisfied will be accomplished for the LST integration 
simulators, LST integrated spacecraft, IESE , and LST/Shuttle Integrated 
Vehicle. 

4. Unit or Subsystem Requirements 

a. Electrical Bonding - A dc resistance of 2.5 mQ or 
less per joint (MIL-B-5087BY Class R) ; an impedance of 0.5 Q or  less up to 
a frequency of 1.0 MHz as  a design goal. 

b. 
or  less per joint (MIL-B-5087BY Class S).  

e. 

Electrostatic Grounding - A dc resistance of 1 .0  Q 

Electrical Grounding (implementation per Figure 
IV-35 of Volume V) - Primary dc power employs single-point ground (SPG) 
located near electrical control assemblies ( ECAs of the SSM) ; secondary 
dc power employs dedicated transformer windings with internal vehicle ground 
point (VGP) for each applicable equipment load; signal circuits may employ 
the structure as  a signal return path with curr_ent limited to "TBD" milli- 
amperes, but this is not recommended in general. 

d. Electrical dc Isolation - Primary dc power leads 
to unit case shall be a minimum dc resistance of 1.0 M a  at 5.0 Vdc prior to 
electrical connection; primary to secondary dc circuitry isolation shall be 
greater than 1.0-MQ dc resistance prior to electrical connection. 

e. Interference Control Requirements - MIL-STD-461A 
requirements tailored specifically for the LST system, which integrates the 
MSFC power quality requirements. 

3. SSM/SIP/OTA Manned Maintenance Interfaces. The con€iguration 
of each SSM, OTA, and SIP subsystem design will include modular arrange- 
ments which will permit those components identified to be readily replaced 
or refurbished in orbit by maintenance personnel in a "shirt sleeve" mode. 

The LST subsystems will be configured so that replacement of 
components or instruments will not necessitate a complex alignment or 
calibration procedure by maintenance personnel. 

The LST program will perform a reliability analysis of each of 
the subsystems which will identify those components that require replacement 
o r  refurbishment in orbit a t  each servicing visit by the logistics Shuttle. 
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Replacement components and refurbishment materials will be 
procured and stored and maintenance tasks will be identified so that execution 
of the planned servicing program in-orbit will restore the LST to essentially 
"as new" operating condition. 

The LST/SSM spacecraft will be outfitted with restraints and 
handrails needed within the instrument compartment for maneuvering by 
maintenance personnel. 

Astronaut maintenance personnel will be required to train in the 
LST servicing program in an LST simulator prior to performing a logistics 
mission. 

Restrictions a r e  listed below on variations of assemblies to insure 
their replaceability with others of the same kind and adherence to the same 
performance criteria a s  the original instruments. 

Instrument and Location 

f/96 Camera at f/12 Focus 

Slit Assembly for  Axial Bay 
Instruments 

Spectrograph Select Collimator 
Assembly 

Faint Object Spectrograph in 
Radial Bay 

f/12 Camera 

Sensor Tubes for 
Spectrographs 

Sensor Tube for  f/96 Camera 

Axial Bay Instruments 

Defocus 
Tolerance 

0.07 mm 

0.08 mm 

0.17 mm 

0.08 mm 

0.15 mm 

0.10 mm 

1.0 mm 

Not Applicable 

Decentratlon 
Tolerance 

0.1 mm 

0 . 3  mm 

0.3 mm 

0.5 mm 

0.5 mm 

0.5 mm 

1.0 mm 

0.2 mrad 
tilt maximum 

The tolerances given a r e  for the coordinates of focal plane inter- 
faces relative to mechanical mounting interfaces. The decentration limits 
a r e  measured at the focal interface, which is often remote from the mechanical 
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interface. The projection of the focal plane centration to the mounting plane 
assumes that the measurement is made perpendicular to the mounting plane 
within 0.1 mrad. 

4. Support Requirements. Each element (OTA, SSM, SIP) of the LST 
will require exchange of electrical and mechanical simulators, mating jigs, 
interface devices, etc. , for compatibility tests and interface verification prior 
to integration of elements. 

A l l  LST elements will be delivered to an integration facility for 
integration and testing prior to delivery of the LST. 

The SSM will furnish ground support equipment necessary to test, 
verify interfaces, and handle the entire LST. 

The IESE cabling, mechanical devices and tools , integrating struc- 
tures, and payload unique contamination control equipment necessary for 
integrating the LST with the launch vehicle systems and for maintenance 
operations will be verified and delivered to the launch site. 

C. SSMlOTA Interfaces 

1. SSM/OTA Mechanical Interfaces. The mechanical interface 
between the OTA and the SSM is at  the OTA primary ring. The cylindrical 
portion of the SSM consists of a stiffened shell surrounded by a meteoroid 
shield. As  shown in Figure VI-5 the 3300 mm (130-in. ) inside diameter 
shell is internally stiffened, longitudinally, with stringers and longerons. 
External stiffening is circumferential with formed channel rings. The rings 
a re  deep enough to support the meteoroid shield. The SSM extends 5000 mm 
(197 in.) from the docking plane to the OTA/SSM mechanical interface as 
illustrated in Figure VI-1. 

The structural interface between the OTA and the SSM is detailed 
in Figure VI-10 which shows the pressure seals between the SSM pressure 
shell and the OTA primary ring. Brackets shown in  Figure VI-11 provide 
flanges to bolt the SSM to the OTA primary ring for SSM/OTA pressure-tight 
assembly. External longitudinal brackets, shown in Figures VI-5 and VI-10, 
stiffen the SSM for longitudinal loads and moments for either Shuttle (tension) 
or Titan ( compression) launch loads. 
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Although the structural interface between the OTA/SSM is at  the 
OTA primary ring, the OTA meteoroid shield diameter is continued 1500 mm 
(59 in.) aft to provide the additional depth required for the OTA-designed 
longitudinal fittings as illustrated in Figure VI-11. From this plane aft, the 
lesser meteoroid shield depth required permits decreasing the meteoroid 
shield outside diameter to 3430 mm (135 in. ) as shown in Figure VI-5. The 
1500 mm (59 in. ) section of the meteoroid shield transition between the OTA 
and SSM is made removable to provide for OTA/SSM disassembly. The entire 
OTA meteoroid shield is one structural unit of the same diameter to prevent 
inducing loads into the primary mirror through a structural connection at the 
primary ring. 

2. SSM/OTA Thermal Interface. Mechanically, the SSM/OTA inter- 
face exists a t  the connection of the SSM and the primary ring. The thermal 
interface at this point is to be as adiabatic as  practicablz, making use of 
insulation and low conductivity connectors. 

3. Environmental Interfaces. The SSM equipment will generate 
electromagnetic fields in the vicinity of OTA equipment. 

Both the OTA and SSM equipment in the instrument compartment 
a re  potential sources and recipients of contamination material. The design 
of all subsystems will avoid use of nonapproved material and will provide 
protection against introduction of contaminating substances. 

The SSM will control pressurization of the OTA instrument com- 
partment for man-maintenance activities. This atmosphere will consist of 
the following characteristics: 

1. Pressure - 101.5 X lo3  N/m2 (14.7 psia) . 
2. Composition - 20-percent oxygen, 80-percent nitrogen. 

3. Humidity - < 50 percent. 

4. SSM/OTA Electrical Interfaces. The spacecraft system design 
goal is for the SSM to maintain supervisory control over the receipt and 
distribution of ground commands to the OTA, and the receipt, storage, and 
transmission of the diagnostic data generated by the OTA subsystems to the 
ground data network. 
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Although functional requirements differ, the SSM to OTA and 
SSM to SIP electrical interfaces have been standardized and kept as  common 
a s  possible. It is intended to maintain constant requirements at  the separable 
electrical interface planes to be defined by the SSM, and yet to permit ver- 
satility on the OTA and SIP side of the interface. This is accomplished by 
standardized, versatile remote units located within the OTA and SIP, but 
furnished and controlled by the SSM. The separable interfaces a re  established 
at  the input connectors to the remote units. The simplified diagram shown in 
Figure VI-12 illustrates the interface concepts and units involved. 

The SSM will route to the OTA all operating commands, whether 
initiated by ground control o r  by a stored program. These commands will be 
issued in digital format from an SSM remote command decoder. Up to 256 
commands may be sent to the OTA through one command decoder. Including 
redundancy, two remote command decoders (RCD) are  ailocated to the OTA. 

The OTA will receive the decoded commands and will convert them 
to analog form and route them to the appropriate OTA subsystem for 
implementation. 

The OTA will  generate diagnostic data concerning the status of 
subsystems and the execution of commands, will precondition analog data to 
0- to 5-Vdc, and route the data to a data acquisition unit (DAU) of the SSM. 
Each DAU can accept 64 analog or bilevel signals, and a s  many DAUs a s  
required will be assigned to the OTA interface. The SSM will provide all 
data synchronizing signals required. Data delivered to storage will be limited 
to a rate of 1.6 kbits/sec. Six DAUs a re  allocated to the OTA. 

The SSM will provide all onboard data storage capacity required. 

An average power of 500 W is allocated to the OTA. Short term 
peak power will be limited to 1000 W. 

The spacecraft system guidelines specify that the SSM will 
furnish all basic electrical power to the OTA via two redundant electrical 
distribution units ( EDUS) located in the OTA, but that a r e  furnished by and 
under switching control of the SSM. The voltage will be within 28 to 30 Vdc, 
regulated to 2 percent. Each EDU will automatically isolate an overload 
fault on its input. It will also provide overvoltage and electromagnetic 
interference ( EMI) protection. 

The EDU will consist of two input modules and one or more output 
modules a s  required. One of the input modules has a 25-A switch for the 
large heater load. The inputs a re  to be standardized for common interfaces 
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with the electrical distribution subsystem. Electrical inputs from electrical 
control assemblies ( ECAS) , RCDs, and test cables a r e  provided. Output 
modules consist of a family of adaptable subassemblies selected to satisfy 
specific requirements of each subsystem. The modular construction of the 
EDU is consistent with that of the RCDs and DAUs so that these may be grouped 
together a s  one functional assembly when needed. 

The power input cable will provide five separate inputs and five 
ground return lines to each EDU. Four of the inputs will have a 5-A switch 
rating. The fifth will be rated a t  25 A. Thus, the total rating of each EDU 
will be 1200 W. 

The OTA will route the dc power received from the EDUs to the 
OTA subsystems and will provide internal regulation and overload isolation 
circuits via five power distribution units. The OTA may also generate any 
special voltage or  frequency required. 

Electrical access to external connectors for test and checkout was 
requested but the specific number of functions and lines was not determined. 
A 39-pin connector is provided on each EDU for this purpose. Test lines a re  
not to be made redundant. Only one SSM cable to one EDU is presently 
allocated for OTA tests. 

Three pairs of lines a re  allocated for feedback signals from the 
OTA fine pointing subsystem to the SSM transfer assemblies. If these a re  
amplified high level analog signals, the same separable connectors designated 
for EDUs should be used. Coax is recommended if these a re  high rate digital 
signals. Several lines a r e  required for the SSM-supplied magnetic torquers 
to be located on the OTA. Routing is to be determined. 

a. Separable Connectors. Connectors allocated for the electrical 
separation plane between SSM and OTA will be attached to SSM cabling. These 
cables will be routed near the RCDs, DAUs, and EDUs on the OTA and will 
have sufficiently free length for mating with these units after the OTA and 
SSM a r e  assembled. 

b. Electromagnetic Control. Both the OTA and SSM equipment 
a re  potential sources and recipients of electromagnetic interference. The 
design of all  systems will utilize techniques to minimize EMI susceptibility 
by proper cable routing, shielding, bonding, and grounding techniques. 
General requirements for electromagnetic control a re  given in Section B. 2 
of this chapter. 
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5. Pointing Control Interfaces. The system design goal is to have 
the SSM responsible for coarse pointing the telescope line of sight to command 
celestial coordinates to 4.85-prad (Al-arc sec) accuracy, while the OTA 
will perform the final pointing and image stabilization. 

The SSM will maneuver the spacecraft to coordinates commanded 
by ground control to A145.5-prad (A30-arc sec) accuracy in two axes without 
utilizing data from the OTA. 

When the telescope line of sight is within k145.5 prad (A3O-arc 
sec) of the target, the OTA by means of guide star trackers will generate and 
deliver to the SSM proportional error  signals in pitch, yaw, and roll, referred 
to spacecraft coordinate systems. The SSM will utilize these error  signals 
to reduce the pointing e r ror  to A4.85 prad (*l arc  sec) . 

The OTA will then stabilize the image for the SIP instruments to 
0.49-prad (0.1-arc sec) accuracy and 0.024-prad (0.005-arc sec) stability, 
using error  signals from guide star trackers fed to transducers producing 
corrective motions of the secondary mirror. 

The OTA will send roll error  signals and secondary mirror posi- 
tion e r ror  signals to the SSM. The SSM will generate torques to reduce these 
error  signals and maintain spacecraft pointing accuracy to A4.85 prad ( A 1  

arc  sec). 

The pitch, yaw, and roll error  signals generated by the OTA will 
be converted to digital format before transmission to the SSM. Format 
details will be established during Phase B. 

The SSM will forward to the OTA pointing control system commands 
to position s tar  trackers and to insert velocity aberration corrections. 

The SSM will furnish magnetic torquer assemblies to be mounted 
on the OTA. Operation of these assemblies is controlled by the ACS of the 
SSM . 

D. SSMISIP Interfaces 

1. Mechanical/Structural Interface. The SIP structural interface is 
primarily with the OTA; however, the SSM structural design will accommodate 
the combined requirements of the OTA and SIP. 
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Structural accommodations will be provided a s  needed to effect 
thermal and electrical compatibility between the SSM and SIP. 

2. SSM/SIP Contamination Control Interfaces. The contamination 
control equipment on board the LST provides a class 1 0  O O O / l O O  000 particulate 
cleanliness and control of hydrocarbons to less than 15 ppm within the SIP/ 
SSM. This design supplies clean air  from the Shuttle with nonparticulate 
contaminants removed. This a i r  is routed through an umbilical connected 
by the crew through the open hatch to the duct work installed in the SSM of 
the LST and then through HEPA filters to the SIP and the forward end of the 
SSM. This procedure provides the cleanest a i r  to the most sensitive parts 
and then it flows outward to less sensitive regions. A i r  flow through the SIP 
is governed by valves which control the pressure so that approximately 0.5 
m/sec (100 ft/min) flows through any opening in the SIP cowling. 

3 .  SSM/SIP Thermal Interface. The electrical components contained 
within the SSM shall be as thermally independent from the SIP as practicable. 

Excess heat energy generated within the SIP shall be dissipated 
to space through the SSM wall areas to which electrical components a re  not 
attached. 

4. Pointing Control Interfaces. No pointing control interface require- 
ments exist between the SSM and the SIP. 

5. SSM/SIP Electrical Interfaces 

a. Interface Implementation. The electrical interfaces between 
the SSM and the SIP a re  implemented in a manner similar to that for the OTA, 
a s  previously indicated by Figure VI-12. Because of the higher data and 
command requirements for the scientific instruments, the number of interface 
assemblies differs. Scientific data a re  also handled differently. 

Two addressable RCDs, as described in Section C.4, are to be 
furnished by the SSM to the SIP. Each has the capability to receive 256 
commands. Two additional RCDs are  included in the SIP for redundancy. 

Twelve DAUs will be furnished by the SSM to provide redundant 
channels for data. 

Two basic EDUs are  provided by the SSM for redundant access 
to power. These EDUs differ from those for the OTA because the 25-A input 

VI- 50 



module has not been included. The EDU for the SIP, therefore, will have a 
maximum power rating of 600 W. Each will have five separate, controlled 
power inputs rated a t  5 A each. 

b. Separable Connectors. The separable connectors for the 
electrical separation plane between the SSM and SIP will be attached to SSM 
cabling. This cabling will be routed near the RCDs, DAUs, and EDUs where 
interface mating occurs. Cables will have sufficiently free length to permit 
connection and tiedown after the SIP is installed on the SSM. Power cabling to 
the EDUs shall include five lines and five ground returns. One 39-line cable 
in the SSM will be allocated for SIP test and calibration. Routing of cables 
for scientific data is to be determined. 

c. Requirements of SSM and SIP, The SSM shall supply power 
e SSM shall be to the SIP in the form of 28 Vdc, regulated to .t2 percent. 

capable of furnishing to the SIP 2000 W-h over a 10-hour p 
maximum power capability of 500 W. The SSM shall have the Capability to 
deliver 600-W peak power, not to exceed 15 sec. The SSM +28-V line shall 
be capable of withstanding a short circuit for 50 msec, a s  a minimum 
requirement. 

Five separate return lines shall be provided. These will be 
used by the various separate load groups. High power or  transient types of 
loads will be isolated from the more sensitive ones. Cabling will also have 
provisions for shielding and coax lines. 

The SIP electronics shall be designed such that a single 
component failure will not cause a short circuit on the +28-V line. In the 
event of a short circuit, the short circuit condition shall be removed within 
20 msec, otherwise, the EDU, or  the ECA in the SSM, will remove it in less 
than 50 msec. 

The SIP and the SSM shall conform to specifications given in 
Section B. 2. 

The SIP and SSM electronics shall be designed shch that 
transient disturbances of greater than *50 V (such a s  inductive kickbacks) 
shall not be generated on the +28-V or ground return lines, and the duration 
shall not exceed 1 0  psec. Loads with repetitive transient characteristics 
will be filtered or suppressed to conform with conducted noise requirements 
specified. The steady-state noise level should not exceed 5 mV rms. 

I 
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Each instrument and those mechanisms that a r e  capable of 
being operated independently will be supplied commands and data services 
from the SSM via the RCDs and DAUs provided. Sufficient cabling for syn- 
chronization, message, and clock lines will be provided to the RCDs and 
DAUs to meet these requirements. The output modules of the EDUs in con- 
junction with the RCDs will provide "on-off" power switching commands. 
Outputs from remote units a r e  to be routed as  necessary by the SIP. 

The SSM must be capable of accepting 3000 bits of diagnostic 
information from the SIP. Data for real  time transmission will not exceed a 
rate of 51.2 kbits/sec. Data delivered to the SSM tape system will be 
recorded at  1.6 kbits/sec. The SSM must be capable of accepting lo8 bits in 
the scientific data readout messages. 

The SIP shall comply with interfaces established with the OTA 
and the SSM, and with system requirements and standards specified in Section 
B. The SIP must deliver status and diagnostic data to the DAUs provided. 
The SIP will condition signals with a 0- to 5-V level. The SIP must conform 
to the sampling and data rates specified for the SSM-DAUs. 

The SIP must be capable of generating the necessary scientific 
data. The SIP will deliver data in the proper form for acceptance by the SSM 
communications subs ys tem . 

The SIP must be capable of accepting decoded command 
messages furnished by the SSM via the RCDs and the scientific instrument 
controller. The SIP will supply output cables from the scientific instrument 
controller and will convert command signals into the form necessary for 
implementing the desired function. 

E. OTNS I P Interfaces 
1. OTA/SIP Optical/Physical Interface. A 2.9-mrad (10-arc min) 

field of view has been established as  a design goal for the telescope to provide 
to the scientific instrumentation. This field size will cover most of the 
identified scientific objectives and can be achieved without the use of corrective 
refractive elements in the optical system. 

The telescope field of view outside this central 2.9-mrad (10-arc 
min) field shall be used for fine pointing the telescope by means of guide s tars  
near the target position. Detectors used for tracking guide s tars  should not 
infringe on the space near the focus needed by the scientific instruments. 
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The OTA will contain a main dptics system that will deliver to a 
principal focus plane a near-diffraction-limited image over a 1.46-mrad 
(5-arc min) total field of view. The principal focus plane will be located 
1.93 m (76 in.) behind the vertex of the primary mirror (Fig. VI-13). The 
plane will be flat to "TBD" millimeters and perpendicular to the telescope 
longitudinal axis to "TBD" milliradians. 

1.93 meters m D 

To faint object 
spectrographs (rotated) 

To f/12 
camera 

f/12 principal 

Figure VI-13. Location of f/12 image plane. 
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The OTA will utilize the telescope field of view from 4.6- to 7.0- 
mrad (16- to 24-arc min) diameter centered around the central 2.9-mrad 
(10-arc min) scientific data field for the fine guidance system. 

The OTA will position a reflector to fold the guide field to a side 
area of the instrument compartment. The reflector will be centered 23.9 cm 
(9.4 in.) forward of the focal plane. The area behind the reflector will be 
available for SIP instruments. 

The OTA will position small fold mirrors within the convergent 
data beam to route the beam to scientific instruments located within the 
forward section of the instrument compartment. The arrangement of these 
mirrors in the image plane will be a s  shown in Figure VI-14. The data beam 
for each instrument will be located as follows. The opitcal characteristics 
of each of these fold mirrors will be specified by the SIP to .match the require- 
ments of the associated instrument. 

Spectrograph, 0.22 to 0.66 pm 

Spectrograph, 0.66 to 1 pm 

Spectrograph, 1 to 5 pm 

f/96 Camera Assembly 

f/12 Camera Assembly 

Station 

Station 

Station 

Station 

Station 

Axial a Position , 
m (in.) 

1.43 (56.4) 

1.43 (56.4) 

1.43 (56.4) 

1.69 (66.6) 

1.82 (71.5) 

b Radial 
Position , 

rad 
(degrees) 

3.93 (225) 

2.36 (135) 

5.50 (315) 

0 (0) 

3.14 (180) 

a. 

b. 

Relative to primary mirror vertex at  station 0.0. 

View looking forward with guidance package a t  0 degree. 

The OTA will also position fold mirrors  for a focus sensor and a 
figure sensor in the convergent data beam, a s  indicated in Figure VI-14. The 
data beam for these instruments will be located as  follows. 
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a. Relative to primary mirror vertex at statim 0.0. 

b. View looking forward with guidrnce package at  0 
degree. 

To f/12 camera  
1.4 x 1.4 mrad,  
1.6 mrad off axis 

To spectrometer  To spectrometer  
0.22 to 0.66 pm 0.66 to  1.0 pm 

Guide field 
7.0 mrad O.D. 
4.6 m r a d  LD. 1 mrad off axis 

To figure sensor To mid-infrared 
spec t rometer  

Slit for aft 
spec t rometer  
0.73 mrad  t 
off axis To f/96 camera 

on optical axis 

Figure VI-14. f/12 image plane arrangement schematic. 
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The SIP will mount an ultraviolet spectrograph assembly behind the 
principal focus plane, with the entrance slit mechanism centered 0.73 mrad 
(2,5 a rc  min) off axis a t  a radial position of 180 degrees. 

The SIP will include a slit-jaw camera assembly on the OTA 
instrument truss. This assembly will view mirrors  on the three spectrograph 
entrance slits. 

The reticle plate of the OTA fine guidance assembly will contain 
lighted fiducial marks. The f/96 camera assembly of the SIP will utilize 
these marks to maintain alignment of the cameras with respect to the stellar 
target. 

Each SIP instrument will contain all field stops, shutters, filters, 
and other modifications to the data beam needed by the instruments. 

The OTA will include a protective device to prevent incoming 
light energy in excess of 
the SIP. 

W/mmz a t  the principal focus from reaching 

The SIP will be designed to scatter a minimum of light energy 
back into the fine guidance system or  OTA. 

2. Structural Interfaces. The OTA will contain a structural assembly 
for the instrument compartment which will support OTA subsystem equipment 
and provide a mounting surface for installation of SIP instruments. This OTA 
instrument structure will be tied to the telescope primary ring for orientation 
reference. The position of the mounting surface of each instrument of the 
SIP will be controlled relative to the primary ring. The OTA instrument 
structure will include a mounting surface within the radial bay for each of the 
following instruments : 

I. f/12 Camera 

2. f/96 Camera Assembly 

3. Faint Object Spectrograph, 0.22 to 0.66 pm 
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4. Faint Object Spectograph, 0.66 to 1 pm 

5. Mid-Infared Spectograph, 1 to 5 pm 

6 .  Slit-Jaw Camera Assembly 

These mounting provisions will support each instrument centered over the 
folded optical axis for that instrument within * O ,  4 mm and the -mounting surface 
plane will be perpendicular to the optical axis within 0.03 mrad (0.1 a r c  min) 
when the instruments a r e  installed on the structure. The location of the optical 
axes a re  described in Section E. 1. 

The OTA instrument structures will include a mounting surface 
for an ultraviolet spectograph assembly containing two E chelle spectographs 
and a faint object spectograph, 0.115 to 0.22 pm. This surface will be located 
1.97 m (77.6 in.) aft of the primary mirror vertex and perpendicular to the 
telescope data beam axis within 1 a r c  min. The surface will not decenter 
more than 0.4 mm when the spectograph assembly is installed with the instru- 
ment structure in a horizontal position. 

The baseline location of each instrument in the t russ  is shown in 
Figure VI-15. 

The instruments of the SIP will not exceed the mass and center 
of gravity (CG) locations listed below. 

f/12 Camera 
f/96 Camera Assembly 
Faint Object Spectograph, 0.22 to 0.66 pm 
Faint Object Spectograph, 0.66 to 1 pm 
Mid-Infrared Spectograph, 1 to 5 pm 
Slit-Jaw Camera 
Ultraviolet Spectograph Assembly 

67.1 (148) 
240 (530) 

44.5 (98) 
18.1 (40) 
42.2 (93) 
173 (381) 

45.4 (100) 

CG Distance 
from 

Mounting 
Plane, 

cm (in.) 

10.2 (4.0) 

10.2 (4.0) 
10.2 (4.0) 
7.6 ( 3 . 0 )  

11.4 (4.5) 

10.2 (4.0) 
63.5 (25) 
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I 180' , f/12 camera 

Figure VI-15. Instrument locations in SIP forward truss. 

The mounting provisions for the f/96 camera assembly will be 
located on the fine guidance assembly. The mounting plane will be centered 
to 0.10 mm and perpendicular to the f/12 data beam routed through the fine 
guidance assembly to 2.9 mrad (10 a rc  min) . 

The coordinate system for the combined OTA/SIP instrument 
assembly is shown in Figure VI-16. 

3 .  OTA/SIP Thermal and Environmental Interfaces. The interface 
between the OTA and the SIP, which exists at  the pressure bulkhead just a f t  
of the primary ring, is to be as  adiabatic a s  practicable making use of insu- 
lation and low conductivity connectors. 
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Both OTA and SIP equipment in the instrument compartment may 
be sourcds and recipients of contaminants of optical surfaces. A l l  subsystems 
will exert design efforts to eliminate sources of contaminant substances. 

4. Electrical Interfaces. There a re  no identified direct electrical 
connections required between the OTA and the SIP. Each assembly will 
interface directly with the SSM, which will have supervisory control of the 
electrical power and data handling circuits. 

5. 
the OTA image stabilization system that maintains the accuracy and stability 
of the f/12 image. 

Pointing Control Interfaces. The SIP has no direct interfaces with 

The SIP f/96 camera assembly will include a separate image 
correlation mechanism to maintain the position of a stellar target on the 
image tube relative to the positions of the guide stars being used for the f/12 
image stabilization. This system will utilize fiducial marks on the guide head 
reticle plate. 

6. Compatibility Tests. The OTA contractor will perform an optical 
beam quality test to verify that a collimated light source is focused the 
specified distance from the SIP mounting surface to Q'TBD" meters and a 
centration'instability of not more than 0.254 nm (1 x in.) rms during 
10  hours of simulated closed loop operation (including focus sensor and fine 
pointing) in a temperature range from +19 to +23"C, with a total wavefront 
e r ror  of not more than 0.05 h rms  as measured at 632.8 nm. 

F. Miss ion  Contro l  Operations Interface 

This section identifies the requirements for support needed by the LST 
during the mission control operations phase of an LST mission. 

These interfaces a re  principally with a mission control center (MCC) 
which will have control of the LST through a ground data network (GDN) and 
the SSM, which transmits data without alteration. Thus, the LST can be 
viewed as having direct interfaces with the MCC. 

The MCC will transmit to the LST commands for setup and operation 
of all  instruments and components to conduct a stellar observation program. 
The format will be suitable for digital transmission and storage and conversion 
to analog a s  needed within the LST. 
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The MCC will receive from the LST diagnostic data concerning status 
of the LST system. The MCC will process the data and display it for review 
by mission support personnel. 

The U T  will generate sufficient diagnostic data of systems performance 
to permit mission support personnel to monitor the health of the LST systems. 
The data will be in a format suitable for display and rapid interpretation. 

The GDN will record the diagnostic data received from the spacecraft 
and transmit via a land line to the MCC with minimum delay. 
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CHAPTER V I  1. LOW COST CONSIDERATIONS 

A. Policy Statements and  Trends 

Among the more recent policy statements on low cost approaches to the 
space program were those given by Dr, George M. Low, deputy administrator 
of NASA, at the Shuttle Sortie Workshop held at the Goddard Space Flight Center 
(GSFC) on July 31, 1972, and a symposium conducted by the National Security 
Industrial Association and Armed Forces Management Association in Wash- 
ington on Aug. 16, 1972. Dr. Low's remarks were summarized in the 
"NASA Activities" publication, Vol. 3, No. 9, dated Sept. 15,  1972, and in 
the issue of Aviation Week and Space Technology dated Sept. 25, 1972. In 
these addresses, Dr. Low stressed the fact that NASA's budgetary constraints 
a re  very tight and apparently will remain so and that doing something about 
the high cost of doing business in space is today's biggest challenge. He 
stated that payloads have become more complex, while launch costs have 
come down and should continue to do so, particularly with the availability of 
the Shuttle. Consequently, we should now optimize our payloads for low cost 
and high reliability rather than for minimum weight and maximum perfor- 
mance. Dr. Low has visited several companies in various segments of the 
"consumer industry, " where costs are a dominant factor, to investigate the 
applicability of their approaches to the space program and he believes that 
many of their approaches might be adaptable. 

Dr. Low listed several principles of low cost design which a re  summar- 
ized below: 

1. Design Phase 

1. Don't reinvent the wheel - use the best that is available from 
other programs. 

2. Standardize - use common hardware modules at all levels 
of hardware complexity, where possible. 

3. Design for low cost - involve production engineers in early 
phases of design to help lower production costs. 

4. Design to minimize testing and paperwork - take advantage 
of reduced weight and volume constraints and use standard parts, larger 
margins, and larger safety factors. 
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5. Recognize that different systems can accept differing degrees 
of risk, and let the costs reflect the greater acceptance of risks where pos- 
sible. 

6. Know your costs - commercial firms, of necessity, have 
developed this area to a high degree. 

7. 
ments" really a re  not that firm and should be stated as t?goals" to be re- 
examined in terms of cost. 

Trade features for cost - many of our so-called "require- 

8. Pay particular attention to the very few high cost items and 
try especially to reduce costs in these areas. 

* 2. Implementation Phase 

1. Know your costs before you start - this perhaps is the 
most fundamental of all requirements. 

2. Set firm cost targets - a firm and absolute cost ceiling 
should be established for each job. 

3. Meet the established cost targets - we have to become more 
productive in one area if another area exhibits an "unavoidable" cost increase. 

B. LST Reference Configuration Low Cost Features 

The LST reference configuration has already incorporated many of the 
low cost features mentioned herein. Some of the general low cost features 
in the LST reference are listed as  follows with some suggestions of potential 
future cost reduction areas. 

1. Present Features 

a. Modularity/Standardization 

b. Commonality with High Energy Astronomy Observatory 
( HEAO) 
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2. 

C. 

d. 

e. 

f. 

g. 

h. 

i. 

j. 

k. 

1. 

m. 

n. 

0. 

P. 

Maintenance with Shuttle 

Shared Launches 

Man- Rating Impacts Reduced 

Apollo/Skylab "Man" Experience and Hardware 

Intravehicular Activity (IVA) is Backup 

Earth Return is Backup 

Orbital Storage Mode 

Large Margins and Safety Factors 

Growth Potential 

Low Manufacturing Costs 

Reduced Test Program/Common Test Facilities 

Maintenance at "Black Box'' Level 

Packaging Flexibility 

Low Cost Design-Consciousness 

Future ( Potential) Considerations 

a. Commonality with Stratoscope 

b. Reliability Requirements Decrease 

c. Higher Risk Acceptance in Some Areas 

d. Reduction in Instruments 

e. Reassessment of High Cost Areas 

f. Further Trades of Requirements for Cost 
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g. Further Trades of Features for Cost 

h. Lower Materials/Components Costs 

i. Effects of Size Increase 

j. Improvements in Operations 

k. Further Trades of "Closing Loops" On-Orbit Versus 
On-Ground 

1. Optimize Reliability/Maintainability/Mission Sharing 
Concepts . 

Some of the specific low cost features and furture recommendations 
for the structures and thermal control systems a r e  listed, respectively, as 
follows (see Fig. VII-1). 

1. Present Low Cost Design Features of the LST Structure 

a. Most of Structure is Aluminum 

b. High Stability Graphite-Epoxy Optical Telescope 
Assembly/Scientific Instrument Package ( OTA/SIP) Structure 

(1) Permits mostly passive thermal control 

(2)  Reduces heater power requirements 

( 3) 
focus/adjust mechanisms 

Reduces reliability/lifetime requirements of 

c. Reduces Sensitivities to Facilitate Temperature 
Fluctuations 

d. Simple Construction 

e. Materials/Development Commonality/with Other 
Programs 
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f. Standardized Sizes p d  Constant Cross Sections 

(1) Truss members 

( 2 )  Skin panels 

(3 )  Stringers 

(4) Equipment mounting hardware 

(5) Aperture doors and mechanisms 

( 6) Light shield extension/retraction mechanism 

2 .  Future ( Potential) Considerations 

a. Lower Materials Costs 

b. 

C. Greater Margin 

d. Reduced Testing 

e. Greater Baffle Standardization 

Present Low Cost Design Features of the LST Thermal 

Commonality of Development with HEAO and Stratoscope 

3. 
Control System (TCS) 

a. Mostly Passive System 

b. 21" C Norminal Operating Temperature 

(1) Grinding 

( 2 )  Testing 

( 3 )  Flight operations 
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C. Modularity/S tandardization 

(1) Insulation 

(2) Paint/coatings 

(3)  Louvers 

(4) Thermal electric devices 

d. 
Stability Structure 

Heater Power Requirements Minimized by High 

e. Heat Dissipation Margins 

(1) SIP - 200 W (50 % )  

( 2 )  Support Systems Module (SSM) 700 W (100% ). 

4. Future ( Potential) Considerations 

a. Lower Materials/Components Costs 

b. Longer Lasting, Less Degrading Paints/Coatings. 

A - $2OOO (B/AL) 
I&+\ 

r \ 

PROJECTED COMPOSITE MATERIAL COSTS 
\ 
\ 
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2 1102 
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220 i (300) 

(200) 

(1001 

0 

\ 
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GRAPHITE 
I I I I I I I I 

1970 1975 1980 
YEAR 

ACTUAL DATA POINT$ 

Figure VII-1. Projected composite material costs. 
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The following list and Figure VII-2 show the design margins in 
these two systems. 

The margins/safety factors are 

1. LST Structure Sized for 20 Percent Weight Increase Plus 

a. 1 .4  x Structural Loads (1 .25 used in Skylab) 

b. 2.0 x Pressure Loads (no cost here - sized by launch 
loads) (2 .0  used in Skylab) 

2. Micrometeoroid Protection (sized by paint flaking require- 
ments) 

a. 0.95 OTA for 5 years 

b. 0.98 SSM for 5 years 

c. 0.995 SSM for 5 days When Inhabited. 

Design margins will help decrease costs by allowing reduced testing in some 
instances and a growth in the requriements placed on the systems. 

Some of the low cost design features andfuture recommendations 
for the other LST systems are  listed as  follows. (The electrical system 
design could be more common with the HEAO, but since its load size made it 
more nearly equivalent to the Apollo Telescope Mount (ATM) and Skylab, it 
was decided to optimize it along hardware developments in these areas.) 

1. Electrical System 

a. Present Features 

( 1) Modularity/Standardization 

(a )  Solar panels 

(b) Mechanisms 

(c )  Power distribution 

(d) Batteries 
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percent) 

percent) 

(e)  Chargers 

( f )  Regulators 

(g) Overload protection 

( 2 )  Commonality 

(a) 

(b) 

HEAO hardware - 0 items ( 0 percent) 

Other program hardware - 12 items (26.7 

(c )  Modified HEAO hardware - 10 items (22 .2  

(d) New hardware - 23 items (51 .1  percent) 

Multiple Cross-Strapping and Remote Switching ( 3 )  

(4) Resettable Circuit Breakers 

( 5 )  Standard 28 Vdc Distribution 

(6 )  Cylindrical Battery Cel ls  

( 7 )  Rigid Solar Panels 

( 8) One-Degree-of-Freedom Array Gimbals 

( 9) Power Tracking Regulator/Charger Design 

b. Future ( Potential) Considerations 

(1) Greater Commonality 

( 2) Reliability Requirements Decrease 

(3 )  Greater Risk Acceptance 

(4) Longer Life Batteries 
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2. Communications and Data Management System 

percent) 

percent) 

a. Present Features 

( 1) Modularity/Standardization 

(a) Antennas 

(b) Transponders 

(c) Processor 

(d) Remote decoders 

(e)  Remote multiplexers 

( f )  Tape recorders 

(g) Control units 

(h) Clock 

(i) Software 

( 2 )  Commonality 

(a) 

(b) 

HEAO hardware - 49 items (79  percent) 

Other program hardware - 5 items ( 8.1 

(c )  Modified HEAO hardware - 7 items (11.3 

(d) 

Image Integration and Storage on Image Tubes 

Unified S-Band ( USB) System and Ground Stations 

National Aeronautics and Space Administration 

New hardware - 1 item (1.6 percent) 

(3)  

(4) 

( 5) 
Communications Network (NASCOM) Circuits 

( 6) Frequency-Diversity, Switched-Transmitter 
Communications 
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b. Future ( Potential) Considerations 

(I) Commonality Increase 

(2) Reassessment of High Cost Areas 

(3) Further Trade of Requirements and Features for 
cost  

(4) Improvements in Space Tracking and Data Network 
(STDN) Data Rates and Coverage 

(5) Improvements in Oparations 

( 6 )  Further Data Relay Satellite Trades 

(7)  Further Trades of "Closing Loops" On-Orbit 
Versus On-Ground 

3. Attitude Control System (ACS) 

a. Present Features 

( 1) Modularity/Standardization 

(a) Reaction control system (RCS) 

(33) Sensors 

(c )  Control moment gyros ( CMGS) 

(d) Transfer assemblies 

(e)  Processors 

( f )  Magnetic torquers 

(g) Software 
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percent) 

percent) 

(2 )  Commonality 

(a) 

(b) 

HEAO hardware, 18 items (47 percent) 

Other program hardware, 8 items (22 

(e)  Modified HEAO hardware, 2 items ( 6  

(d) New hardware, 9 items ( 2 5  percent) 

(3 )  Backup operational modes 

(4) On-orbit storage mode 

( 5 )  Onboard magnetometer and computation 

(6)  Cold gas RCS 

b. Future ( Potential) Considerations 

(1) Commondity increase 

(2 )  Reassessment of high cost areas 

( 3 )  Further trades of requirements and features 
for cost 

(4) Further trades of closing loops on-orbit versus 
on- ground 

4. Telescope 

a. Present Features - Modularity/Standardization 

(1) Secondary mirror actuators 

( 2 )  Primary mirror actuators 

( 3 )  Alignment sensors 
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for cost 

Alignment de& t ors  

Focus detectors 

Fine guidance mechanism 

Processors 

Pickoff mirrors 

Low cost construction 

Reduced testing 

b. Future ( Potential) Considerations 

Reassessment of high cost areas 

Further trades of requirements and €eatures 

Lower materials costs 

Improved manufacturing techniques 

Further reduction of testing 

Commonality of development with HEAO (structure) 
and stratoscope (structure, sensors, fine guidance, and image motion stabili- 
zation) 

5. Instruments 

a. Present Features 

( 1) Modularity/Standardization 

(a) Image tubes 

(b) Fold mirrors 

(c) Shutters and mechanisms 
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(d) Filter wheels and mechanisms 

(e )  Processors 

( f )  Alignment guiderails 

( g) Experiment-quick-disconnect mounts 

(2) LOW cost construction 

(3)  Reduced testing 

(4) Data storage on image tubes 

b. Future ( Potential) Considerations 

(1) Commonality of development with stratoscope 
(image tubes) 

(2 )  Reassessment of high cost areas 

( 3 )  Consolidation of instruments 

(4) Lower materials costs 

(5) Further trades of requirements and features for 
cost. 

A summary of some of the relaxed system performance require- 
ments which allow cost savings is given in Table VII-1. 

The 1.01 x l o 5  N/m2 (14.7 psi) atmosphere during maintenance 
allows flammability hazards to be no greater than those on the ground, thus 
permitting the man-rating costs to be significantly less than those on the 
Apollo and Skylab programs. The short lengths of time during which the 
LST would be inhabited on-orbit, compared with Apollo and Skylab, should 
also allow considerable reductions in some of the requirements for "man- 
rating. '?  

VII- 14 



h 

3 0 

8 .r( 

m 
a, 

s 
0 rn 

:: 

k 
Q 
k 
0 w 
W 

i3 
i7 
& 

d 

k 

cd 
Y 

E 
cll 
M 

n 
d( 

0 
m 
N 

d 

k 
0 
0 
cd 
Fr 
3, 
a, w 
cd 
M 

* 
l-4 

Y 

W 

u 

u 

2 
2 

% 

Y 
0 
5 
k 

a 
a, rn 
cd 
a, 
k 

VII- 15 



An additional hazard-reduction feature of the LST is that the 
systems will be inactive during maintenance except for the subsequent check- 
out period during which the LST need not necessarily be inhabited since the 
checkout consoles a re  located in the Shuttle. These factors plus the shirt- 
sleeve environment allow the use of standard quick-disconnect electrical 
connectors and mounting fasteners, rather than expensive man-rated types 
of hardware. 

C, Expendable Ve r s u  s Ma in ta ina b le LST P rog ra m Com pa r ison s 

The most significant cost-saving feature of the LST program is the 
ability to utilize the Shuttle for maintenance rather than having to launch 
expendable LSTs on expendable launch vehicles to achieve the full mission 
lifetime of 1 0  to 15 years. This effect is shown in Figure VII-3, where the 
cost in "equivalent" LSTs and launch vehicles is shown fo.- a 15 year mission. 
Assumptions were made that the Shuttle maintenance flights would be shared 
with Tug missions and that the average flight-shared Shuttle cost to the LST 
program would be 34 percent of the full Shuttle cost. It was also assumed 
that the LST would receive a 20 percent update during on-orbit maintenance 
and a 40 percent update during an earth-return refurbishment, The percent- 
ages of update include a considerable margin, based on initial assessments 
of spares required for a "typical" maintenance mission. 

The effect of the loss of science during downtimes has not been 
accounted for in this comparison but should be done so in later assessments. 
The value of the loss in science is difficult to weigh. It may be that the costs 
of downtime for science should not be weighed as heavily as costs which a re  
more tangible, at least as  long as  the downtime remains only a fairly small 
portion of the overall mission time. Other effects which have not been 
accounted for a r e  the benefits of utilizing the initial LST (in the two-payload 
maintainable LST case) for a ground observatory and for flight spares for 
the second LST National Astronomical Space Observatory (NASO) . 

The two payload case offers at least two significant advantages over 
the one payload cases: 

1. Should the initial LST have difficulty meeting cost, schedule, 
or  performance requirements, the requirements might be relaxed rather than 
implementing costly corrective action. if there is a second LST which can 
achieve the requirements with less impact. 

2. Should a catastrophic failure occur on the first one, the pro- 
gram would not suffer as much if there were two LSTs. 
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Figure VII-4 shows some of the rationde used in determining the 
degree of flight sharing of the LST with other payloads. A typical LST 
maintenance mission Mad is shown as 7474 kg (16  478 lb) including the orbital 
maneuvering system ( O m )  propellant and docking module. It was assumed 
that the Tug and LST hardware together would utilize all of the 29 484 kg 
( 6 5  000 lb) Shuttle capability. The cost to the LST on a weight pro-rata 
basis would then be about 25 percent of the cost of a Shuttle flight. A factor 
of 34 percent was utilized in this assessment to provide some margin. 
Figure VII-4 also shows that the ability of the LST to share flights with other 
mission hardware is very sensitive to the weight of the LST maintenance 
mission load. With the LST load shown, the largest Tug payload which 
could be accommodated is 485 kg (1070 lb) , which is less than the 745 kg 
(1639 lb) "average" Tug payload. Hence, LST maintenance flight weights 
should be reduced, if possible, to allow greater flexibility in flight sharing, 
thereby reducing costs. 

Launch frequency for the expendable LST cases was set at 2 years 
since HEAO-C component designs were used in many cases and provided 
a high reliability for 2 years. The systems have a fairly high probability 
of operating successfully for longer than 2 years but performance would 
probably be degraded, particularly of the science instruments. For this 
assessment, the comparison was made at the undegraded performance 
lifetime limit of the LST. For the maintainable LST, the design was for 
a high reliability at the end of 1 year, and differences in redundancy between 
the 1 year and 2 year cases were identified. Although the high reliability 
lifetime for the maintainable cases is for 1 year, the launch frequency was 
set  at 1 1/2 years, since the Shuttle launch should be more reliable than 
the Titan and the Shuttle allows on-orbit checkout and emergency repair 
after release in orbit, providing a higher initial reliability of the maintain- 
able LST. 

This comparison should be extended to assess the impacts of various 
launch frequencies, the payload design complexity factors for LSTs of 
different lifetimes, and program cost factors. It is anticipated that the cost 
data, when plotted against years, will show a minimum somewhere between 
1 year and 4 years for each case, with the launch vehicle costs driving more 
strongly in the cases of higher launch frequency and payload costs driving 
more strongly in the cases of lower launch frequency. 

Commonality with existing hardware is another major area of cost 
savings. In comparing the difference in redundancy between the expendable 
(1 year) LST and the maintainable ( 2  years) LST, i t  was found that there 
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was little significant difference. The primary reason for this is that several 
factors help determine the quantity of redundancy required, some of which 
become more dominant than the reliability factors at shorter lifetimes. The 
principal factors for determining redundancy quantity in the LST are lifetime, 
reliability, single-point failure criteria, and commonality with other program 
hardware. This latter factor became more dominant in the shorter lifetime 
cases. Hence, reduction is reliability and/or lifetime made possible by the 
Shuttle will provide cost savings, but these will be second-order effects 
compared with the savings the Shuttle provides in allowing maintenance on 
the LST. 

I>. Titan- and Shuttle-Launched LST Comparisons 

1. Configuration, Figure VII-5 depicts the reference LST design 
installed in the Titan and in the Shuttle. Lengths, diameters, and masses can 
be seen also in this figure. It can be seen that the Shuttle provides room for 
growth in each of these areas. There appears to be a trend, however, to 
charge more of the Shuttle payload provisions to the payload space (such'as the 
addition of the docking module to the cargo bay), which decreases the allow- 
able payload growth. The LST design must continue to retain some margin 
for such events because the Shuttle is in a definition period itself at the present 
time. The docking module would be required on a maintenance visit and would 
probably be required on an initial launch since the capability to perform emer- 
gency repairs before release to orbit is one of the more important advantages 
of the Shuttle in launching payloads. Also, even if  the LST did not require 
the docking module on initial launch, the desire to share Shuttle missions 
with other payloads would probably require the docking module to be available 
for maintenance or  servicing of other payloads during this same mission. 
The OMS propellant tank is required in the bay in order for the Shuttle to 
achieve the 611 km (330 n, mi. ) LST orbit with its payload. A tabulation 
of the masses of the two configurations is shown in Table VII-2. There is a 
net savings of about 563 kg (1241 lb) for the expendable LST. 

2. Constraints. A tabulation of the major Titan and Shuttle constraints 
on the LST design is provided in Table VII-3. The Shuttle constraints a r e  
separated into launch and maintenance columns. The biggest relief provided by 
the Shuttle is in the area of payload mass. Since it is believed that the refer- 
ence LST is near optimum in its present configuration, it is not clear that it 
would benefit significantly from this relief of constraints, but this must be in- 
vestigated further. Two examples of such relief in the area of mass increases 
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were investigated. An aluminum metering structure with a passive thermal 
control and thermal stability (orbital transients) equivalent to the present 
graphite-epoxy structure would have a mass of 1 0  614 kg (23 400 lb) compared 
with 82 kg (180 lb) . An aluminum metering structure lighter than this could 
be built but would require an active TCS at some point down the weight scale. 
The high thermal stability provided by the graphite-epoxy structure allows 
a savings in electrical heater power (- 200 watts) and in heat dissipation 
area (40 percent). The effects of not light-weighting the primary mirror 
a re  tabulated in Table VII-4. 

3. Comparison. The major advantages of the Shuttle over the Titan 
a re  summarized as follows: 

1. Launch Mode 

a. Less risk (higher reliability launch). 

b. Checkout and emergency repair or  return after release 
in- orbi t . 

c. Some relief from Titan physical constraints. 

2. Maintenance Mode 

a. More efficient utilization of high cost payload hardware. 

b. Shared flights - reduced costs per pound to orbit. 

C. Capability to react quickly - less downtime for science. 

d. Reduced reliability required in payload design. 

4. Low Cost Reference LST Design Summary. The primary con- 
clusions from the low cost assessment of the reference LST design are 
summarized as follows: 

1. The present LST design has many low cost features, 

2. Primary contributors to LST low cost are 

a. Commonality with existing hardware. 

b. Shuttle maintenance. 
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3. The primary advantages provided to the LST by the Shuttle a re  

a. Maintainability. 

b. Lower risk. 

4. Secondary advantages provided to the LST by the Shuttle are 

a. Some decrease in redundancy. 

b. Larger margins in size and weight. 

5. Titan backup for initial LST launch does not significantly 
constrain the present LST design. 

6 .  These same areas must be reassessed and the conclusions 
reevaluated in phase B. 

5. Low Cost LST Management Techniques. Specific techniques, 
check points, etc., must be included in the technical management and program- 
matic management areas to insure that a continuous and effective low cost 
effort is accomplished and that a low cost LST results from this effort. Some 
of the techniques which a re  applicable are  

1. Select proper low cost evaluation criteria. 

2. Provide cost visibility early to the work breakdown structure 
level o r  lower. 

3. Establish cost targets to the work breakdown structure 
level or lower. 

4. Establish the organizational responsibilities for costs. 

5. Schedule cost reviews as part of design reviews for check 
points. 

6. Low Cost Design Trades. During subsequent phases of the 
study, an approach which trades overall LST performance against program 
costs and scientific value must be pursued. The cost versus LST performance 
trades alone are  not sufficient; the science value impacts must be utilized 
to help determine the real effect of trading performance for cost. 
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Figure VII-6 shows typical elements of such a trade. Figure VII-7 
shows a matrix of the trades at three different levels of design complexity. 
Optimization across categories and within categories must be made at each 
level. Figure VII-8 shows examples of data which would be the output from 
such trades. 

Some such approach could insure optimization of the U T  for 
the three basic trades categories of cost, performance, and science value. 
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LST PERFORMANCE 

LST PERFORMANCE 

LST PERFORMANCE 

*Value of data x quantity of data returned (includes degradation 
probabilities). 

a. Top-level trades (program level). 

/ 
/ OTHER SYSTEMS COSTS 

POINTING STABILITY (SYSTEM A) 
*Performance expressed in terms of effective image resdution, 
point spread function, modulation transfer function, and /or 
star magnitude capability per unit time, etc. 

b. Second-level trades (intrasystems) . 
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*Parametrize for various slew rates. 

C. Third-level trades (intrasystems) . 

Figure VII- 8. LST payload effectiveness trades examples. 
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CHAPTER V I  I I. PROGRAM IMPLEMENTATION 

A. Introduction 

The LST program will be implemented through the accomplishment of a 
planned sequence of project activities Preceding sections of this report have 
described the LST mission objectives and constraints and the planned mission 
and system characteristics and capabilities. This chapter will outline how 
these capabilities are to be developed, tested, and then utilized during opera- 
tional activities. The various tasks and activities are briefly described and 
time phased. 

Implicit in the functional flow chart shown later is the philosophy of the 
design and development of the optical telescope assembly (OTA) by one con- 
tractor, the support systems module ( SSM) by a second contractor, and the 
science instruments ( SIs) by a third contractor. Integration could be performed 
by the SSM contractor o r  by a NASA center. The electrical/electronic interface 
units, analogous to those interfacing internal SSM subsystems, would be supplied 
by the SSM contractor to the OTA/SI contractors to reduce the duplication of 
design, fabrication, and test effo ts among the three contractors and to reduce 
the variety of maintenance spareshkquired. Two concepts for the division of 
the design effort between the OTA and 51 contractor have been considered, one 
where the SIs are integrated into a package before being integrated with the 
OTA and one where the SIs are developed on an individual instrument basis. 

From the technical and cost viewpoint, the concept where the OTA 
contractor interfaces at the individual SIs would be the best. The structure, 
thermal control, electrical/electronics, etc. , design skills required for the 
OTA design will be the same as those required in designing for SI accommoda- 
tion at the rear of the OTA. The OTA/SI functional and physical interfaces will 
be the simplest at the individual SI interface, a necessary condition €or con- 
sidering on-orbit or ground exchange of individual instruments during the 
program life. The option of having individual instruments provided later in 
the program by principal investigators and companies originally not related to 
the program, including those designed and manufactured in foreign countries, 
would probably be accommodated best through the use of this concept. 

The LST program can be considered in two phases, the design, develop- 
ment, integration, and test phase and the flight operation and maintenance 
phase. The first is unique to the LST program from the standpoint of skills 
and design capabilities, test equipment and facilities, and developing centers 
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involved. The second may be very common with other programs that are 
launched, supported, and maintained through the use of the Shuttle, common 
ground tracking networks, ground maintenance equipment and facilities, and 
possibly common ground support personnel. Now that the flight operations and 
maintenance phase is becoming as long o r  longer than the first phase, a support 
operation that contains only a skeleton of the original design and development 
operation o r  that shares support operations costs with other programs is very 
desirable from the total program cost standpoint. Although the question of 
long-term sustained operations costs is not peculiar to the LST and transcends 
this program, its final resolution by NASA will probably strongly impact the 
total LST program cost. 

B. Project Elements 

The project elements are defined to include ground test and flight LSTs, 
the launch vehicle, launch and mission operations; ground and space test, 
checkout, servicing and maintenance equipment and operations ; and overall 
systems integration and test equipment, facilities, and software. 

I. Ground Test and Flight LSTs. The present LST development 
philosophy involved the fabrication of three LST articles: an engineering model 
(EM) and two flight units. The engineering model of the LST and its test 
program is designed to reveal functional incompatibilities early enough to 
permit appropriate design modifications prior to the fabrication of flight hard- 
ware. The engineering model approaches the flight hardware configuration as 
opposed to breadboard configurations used during the development testing 
phase. Because of the absence of a quaIification model and a "ship queen, 
the engineering model will be used to accomplish limited verification and 
qualification tests. 

2. Science Instruments. The SIs are comprised of the high spatial 
resolution camera, f/96; two high resolution spectrographs; three faint object 
spectrographs; a Fourier interferometer; a wide field camera, f/12, and 
ancillary subsystems such as the slit jaw camera and the selector mechanisms. 

This project element includes the design effort and the hardware 
fabrication, assembly, debugging, and testing required to build and deliver 
the engineering model and two flight units of each SI. Included are the detailed 
engineering, design, and analyses required to define each instrument; the 
breadboarding and subassembly tests required; the purchase, fabrication, and 
functional and environmental tests of components, and the assembly, debugging, 
and functional environmental tests of each instrument assembly before delivery. 
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3.  Optical Telescope Assembly. The OTA consists of the primary 
optics and associated thermal control and structural subsystems (including 
those for SI accommodation) , light baffles, fine pointing and stabilization 
subsystems, focal plane structure, automatic alignment and focusing systems , 
and optical figure sensors. This project element includes the design, bread- 
boarding, fabrication, assembly and subassembly/assembly testing of the 
principal OTA assemblies, typically including the primary mirror assembly, 
secondary mirror assembly, diagnostic sensors (alignment, focus, figure) , 
fine guidance e r ror  detection system, all major electronic assemblies , the 
pressure compartment door assemblies, and the aperture door assembly. 
Included is the assembly and test of the integrated OTA, containing the SI 
accommodations provisions. 

4. Support Systems Module. The SSM consists of an attitude control 
system (ACS) , communications and data handling system ( C&DH) , thermal 
control system ( TCS) , reaction control system (RCS) , electrical power 
system (EPS) , and structures system. This project element includes the. 
design, breadboard, fabrication, assembly, and test of each system and the 
assembly and test of the integrated SSM. The same will be performed for the 
OTA and SI interfacing electrical/electronics assemblies that are to be 
physically located within the OTA/SI structures. 

5. . Integration and Test. The project elements of integration and test, 
located at different stages of assembly, are required to reveal interface 
incompatibilities or qualification failures a s  early as possible before an 
existing e r ror  is submerged within a more complex assemblage where correc- 
tion would be more difficult and the e r ror  might cause damage to other inter- 
facing assemblies. An existing e r ror  can then be corrected while the item is 
geographically located near supporting engineering and test facilities. The 
paralleling of integration and test operations allows the discovery and correc- 
tion of e r rors  simultaneously in major elements, thereby reducing the time 
required to produce the flight qualified LST. Usually precision testing on a 
subassembly or assembly basis can be accompoished with general-purpose 
test equipment and facilities where many of the same type of tests at a later 
point of assemblage would require special-purpose test equipment and facilities 
of unwielgly complexity. 

6. Thermal Optical Test Facility. If end-to-end optical system testing 
of the assembled LST in a thermal-vacuum environment is required, an 
elaborate new test facility will be needed. It would be a thermal-vacuum optical 
test facility capable of enclosing the entire LST with its external shields, the 
SI bay, and the SSM. Also included as part of this test facility should be a 
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large 304.8 cm ( 120 in.) collimating mirror  capable of providing simulated 
stars and star patterns for evaluation of the fine guidance sensor system and 
for a checkout of the assembled instrument complement. The test facility 
itself should be isolated from the local siesmic and vibration environment to 
insure that these optical performance and pointing system performance tests 
can be conducted effectively. 

C. Phased Project P lan 

The LST project utilizes the phased approach to the planning, approval, 
and conduct of the research and development activity. The definition of the 
time-sequenced phases is as follows: 

I. The Phase A effort involves analyzing a proposed objective or 
mission in terms of alternate approaches o r  concepts and conducting the 
research and technology development requisite to support that analysis and 
to assist in determining whether the proposed technical objective o r  mission 
is valid. 

2. The Phase B effort involves detailed study, analysis, and 
preliminary design directed toward the selection of a single project approach 
from among the alternate approaches resulting from the Phase A activities. 

3. The Phase C effort includes the detailed definition of the final 
project concept, including the system design and the breadboarding of critical 
systems and subsystems , as necessary to provide reasonable assurance that 
the technical milestone schedules and resource estimated for the next phase 
can be met and that definitive contracts can be negotiated for Phase D. 

4. The Phase D effort includes the final hardware design and develop- 
ment , fabrication, test, and project operations. 

The LST is currently at the end of Phase A of this sequence. It should be noted 
that phased planning is applied at both the project and system level on a related, 
but not identical, schedule basis. 

D. Project  Flow and Schedules 

To assure the readiness of the LST for the 1980 and 1982 missions, a 
number of interrelated activities must be accomplished. A representative 
sample of function and hardware flow diagrams and related schedules which 
have been developed to date is as follows: 
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I. The LST program schedule (Fig. VIE-1) represents an overall 
time-phased concept of the main elements of the required activities necessary 
for mission accomplishment. 

2 .  Supporting the LST program schedule is the LST project functional 
flow chart (Fig. VIU-2), which identifies the event constraints, interrelation- 
ships, and critical paths associated with missiori accomplishment. The related 
schedule of major events on the project functional flow chart is shown in 
Figure VIII-3. 

3.  Supporting the project functional flow diagram are the LST systems/ 
subsystems flow diagrams and their related schedules as shown in Figures 
VIII-4 through VIII- I I. 

i. U T  Project Functional Flow Chart (Fig. VIII-2). This flow 
chart identifies each program element and its respective subelements. The 
LST hardware, from design and test as a subsystem or  assembly to the overall 
integration, test, and launch to on-orbit operation and maintenance to final 
disposal at end-of-life (EOL) , is described. The supporting test equipment 
and facilities are identified. The support operations of the launch vehicle, 
ground or orbit maintenance, ground control, and science data distribution are 
shown. The heaviest lines identify the integration and flow of the OTA and SSM 
subsystems into an LST Integration and Acceptance Test point. Here the SIs 
a re  received and integrated before final LST acceptance. The SIs' supporting 
structures and equipment in the science accommodations volume at the rear of 
the OTA have undergone thermal, vacuum, shock, vibration, and electro- 
magnetic interference (Em) tests as an integral part of the OTA integration 
and test at the preceding point in the OTA flow. Special facilities required in 
the fabrication and test of the system elements are shown. The most unique 
facility requirement is the Optical Thermal Vacuum Test Facility, which may 
be required in support of the LST Integration/Acceptance Tests. 

After  acceptance, the LST is transported to the Kennedy Space 
Center (KSC) . After receiving inspection and the reassembly of any assemblies 
removed for shipment, a final calibration and flight readiness test is performed. 
The major items of required ground support equipment, including optical 
calibration equipment, can be part of the equipment used for the LST Integration 
and Acceptance Test just before shipment to KSC, provided it can be dolly 
mounted o r  exchanged from one rack to another in such a way as to follow the 
LST through to launch. 
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It has been assumed that the Space Shuttle assigned as the LST 
launch or maintenance support flight vehicle will go through a refurbishment 
cycle ending with Shuttle ppeflight checks as a separate entity. Then, the LST 
peculiar interface , handling, o r  orbital maintenance and checkout equipment 
and spares would be installed. The LST would then be loaded and interconnected 
and prelaunch tests of the launch vehicle with payload would be performed. 
After lziunch, orbit attainment, final checks, and deployment, the Shuttle would 
return and the LST would begin on-orbit operations. 

Both on-orbit maintenance and ground-return maintenance modes 
are shown with the ground operations in support of each indxgted. The mock- 
ups required for maintenance operations analysis , ground verification , and 
maintenance crew training are also depicted. 

Normal LST mission control through the ground tracking network 
is shown. Engineering and scientific data received during RF contacts are 
distributed to the Mission Control Station, or in the case of science data, 
processed and. distributed to the principal investigator and scientific community. 
New data or instrument requirements are provided to an LST operations and 
engineering support group , which initiates the design, fabrication, assembly, 
and test of any field modification or new instruments required when existing 
equipment being flown is inadequate. 

2. LST System/Subsystem Functional Flow Diagrams 

a. OTA Manufacturing and Test Flow Plan (Fig. VIII-4) . This 
plan is of the fabrication and buildup cycle of the OTA and the integration of the 
OTA with the SI. It identifies the general flow of the fabrication cycle for the 
OTA, including the fabrication of the primary optical system and the required 
test optics , and the other principal assemblies , typically including the fine 
guidance subsystem, the secondary alignment system, and the main structures. 
The manufacturing test for the OTA consists of a complete checkout and test, 
including the acceptance level and environmental test for all major subsystems 
within the OTA . It will include vibration, temperature , altitude , EMI , and 
acoustical testing of each of the identified-subsystems. Assemblies now 
scheduled for manufacturing test include the primary mirror  assembly, 
secondary mirror assembly, diagnostic sensors (alignment , focus, figure) , 
the fine guidance e r ror  detection system, all major harness assemblies, the 
pressure compartment door assemblies, and the aperture door assembly. For 
the operation of each of these subsystems, individual test consoles providing a 
simulation of the electrical-mechanical-optical interface will be designed and 
fabricated. These test consoles will include appropriate measuring 



instrumentation to evaluate the subsystem compatibility with the subsystem 
requirements. These test data will provide the first positive data base for an 
evaluation of the engineering model and a comparison with downstream 
measurements of precursor and mission flight article systems. 

b.  SSM ACS Design, Verification, and Delivery Flowcharts and 
Schedule ( Figs. VIII-5 through VIII-7) . The chart and schedule ( Figs. WI-5  
and VIII-6, respectively) identify the time-phased functional flow to be 
followed in the design, test, and delivery of the ACS and are typical for each 
electrical/electronic subsystem of the SSM. Figure VIII-7 identifies the flow 
of work for the SSM RCS. 

e. SSM Structures Flow Chart ( Fig. VIII-8) This chart 
identifies the time-phased functional flow to be followed in the fabrication, 
test, and delivery of the SSM structures system. 

d. SSM Thermal Control Flow Chart (Fig. VIII-9) . This chart 
identifies the sequence of procurement or  fabrication, installation, and test 
of thermal control hardware for the SSM. 

e. Maintenance Mode Model ( Fig. VIII-IO) . This flow chart 
relates the major project elements involved in the maintenance mode required 
for sustained LST operations. 

f .  LST Maintenance Support Activities ( Fig. VIII-11) . This 
schedule shows the LST neutral buoyancy simulation milestones. This activity 
is part of the in-house effort in support of the LST program. 
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CHAPTER IX. CONCLUSIONS AND RECOMMENDATIONS 

The results of the Phase A study. indicate that a 3 m optical telescope 
can be operated in low earth orbit for 5 or more years. The telescope support 
requirements can be provided by onboard systems to give near diffraction 
limited optical performance. The LST spacecraft may be launched by either 
the Shuttle (primary) o r  the Titan IIIE/Orbit Adjust Stage (OAS) (alternate) 
vehicle. 

The systems concepts utilized in the reference configuration appear to 
provide a feasible solution to the requirements. Some of the more critical 
areas for further study and analysis are fine er ror  sensing, image 
motion compensation , pointing control, structural stability, imaging sensors 
and their cooling, large high-precision optics , optical system figure sensing 
and control, and maintenance. 

It is believed that most of the basic technology and much of the systems 
hardware required by the LST will be available from other programs, thus 
reducing costs and improving reliability significantly. Other ways must be 
found to reduce costs and still achieve the scientific objectives of the mission. 
Our experience in manned space flight, unmanned satellites, and groundbased 
astronomy must be merged in the LST and from this merger new philosophies 
and approaches will be developed which will allow a more cost-effective 
utilization of man and machines in space. The use of man in such unmanned 
satellite programs as the LST, no matter what the configuration of the LST, 
can be more effective and accomplished with much less impact on the design 
of the hardware than we have experienced on the Apollo or Skylab programs. 
This is because of the differences in the nature of the missions and the 
experience gained on those programs. 

A. Optical Telescope Assembly (OTA) 

An f/i2 Ritchy-Cretian version of the Cassegrainian design is recom- 
mended over the Gregorian for the OTA because it is clearly superior for the 
LST application. A primary focal ratio of f/2.2 is recommended upon 
considerations of overall length, mass, and volume constraints but primarily 
because i t  is believed that, using current technology, this is the fastest mirror 
that can be made that will meet the exacting surface requirements. 
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It was concluded that a three-bay eight-point mount truss with graphite- 
epoxy members was a suitable design for the metering truss. A feasible 
alternate was found to be a graphite-epoxy shell structure which may offer 
the advantages of a smaller overall diameter and greater stiffness. A three- 
point axial leaf design is advised for the primary mirror mount. A light shield 
truncation angle of 45 degrees is recommended as being a good compromise 
between providing maximum sky coverage and minimizing design problems. 

The thermal control concept recommended for the OTA is a combination 
of active thermal control for the optical elements and passive control for the 
supporting structure. Since the maximum rate of temperature change in the 
elements of the metering truss is iess than 4.5"C per hour and appears 
linear, it is concluded that fewer than two refocusing operations per hour will 
be required. 

It is recommended that force isolation rather than a simple actuation 
system be used for the secondary mirror in order to meet the frequency 
response requirements of the fine pointing system. Alignment accuracy can 
be achieved using already developed sensors and suitably designed mechanical 
actuators. 

B. Scientific Instruments ( S I )  

The feasibility of design and construction of the SIs that are capable of 
diffraction-limited imagery and high spectral resolution for a large range of 
celestial bodies has been established. The instruments can be repaired in 
orbit and the complement can be changed and upgraded in response to the 
requirements of the scientific community. Thus the LST is capable of being 
usable for several decades and of obtaining scientific data not available on the 
ground. 

It should be possible to align instruments replaced during on-orbit 
maintenance to within the specified tolerances. If these specified replacement 
tolerances are exceeded, the instruments will still function but performance 
will be degraded. Replacement of the f/96 camera tubes will require the least 
precision. 
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C. Support Systems Module (SSM) 

For the SSM, a conventional pressurized cylindrical structure of simple 
skin/stringer construction utilizing conventional materials such as aluminum 
alloys in standard gages was found quite adequate to meet the LST requirements. 
A passive thermal control system (TCS) is feasible and compatible with a 
component arrangement to provide adequate clearance for astronaut 
maintenance. 

A solar array reference design, based upon conventional solar panels, 
can satisfy all power requirements. However, it is a high mass approach with 
complex storage, deployment, and retraction, and is not a good candidate for 
in-space maintenance. Therefore, i t  is recommended that an alternate rollup 
array be studied and compared for a possibly more cost effective approach. 

The feasibility of transmitting to ground more than two frames per 
orbit of high resolution camera data was established. Data storage in the 
secondary electron conduction (SEC) vidicon tube permits the use of conventional 
state-of-the-art hardware to provide a flexible communications and data system 
that meets or exceeds the LST requirements. 

It was found feasible to meet the LST pointing requirements utilizing the 
design reference attitude control system (ACS) in conjunction with the OTA 
fine guidance system (FGS) . Tip and tilt positioning of the secondary mirror 
in response to the fine guidance sensor star tracker outputs is required to 
maintain the 0.005 arc second pointing stability. 

D. General 

The concept of unscheduled, on-orbit , manned maintenance utilizing the 
Shuttle orbiter for support appears to lead toward the more cost effective 
approach. This allows a reduction in the equipment design lifetime from a 
goal of 2.5 years to a shorter time. Shuttle flight sharing with other payloads 
is a prime means of reducing maintenance costs. 

There is a high degree of commonality between the reference design 
and the hardware from other programs. For example, an approximate break- 
down of the SSM components is as follows: 
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I. 42 percent identical to the High Energy Astronomy Observatory 
(HEAO) . 

2. 

3. 

4. 

17 percent from other programs. 

13 percent could probably be identical if shown to be cost effective. 

23 percent new design requiring development but no new technology. 
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APPENDIX A 

ALTERNATE LST STRUCTURAL DESIGN EMPLOYING 
G RAPH 1 TElEPOXY SHELLS 

A. Introduction 

Advanced composite materials differ greatly from metallic structural 
materials in basic mechanical and physical behavior and in their optimum 
structural arrangement capability. Therefore, for comparison purposes, it 
was decided to generate an alternate LST design which utilized the unique 
and very desirable properties of graphite/epoxy. The technical approach was 
to redesign the optical telescope assembly (OTA) metering structure, primary 
light baffles, micrometeoroid shield, extendable sunshade, and secondary 
mirror mounting beams to essentially the same criteria (criteria that were 
defined early in the Phase A effort but a r e  not necessarily valid now) that 
were used in the reference truss design. 

General Dynamics/Convair Aerospace Division was given the task of 
generating such a design and the following technical discussion is an MSFC- 
edited excerpt from the final report given in Reference A-1.  

B. 0 rb it ing Telescope Assembly S t ruc t  u re  Design Description 

1. Structural Design. The structural design of the LST in graphite 
composite materials has been applied to four major components of the tele- 
scope structure: the structural shell, meteoroid protection shell, extendable 
sun shade, and secondary mirror support assembly. 

The main structural shell is the primary element of the structure 
and serves a s  a support for the meteoroid shell, sun shade, and secondary 
mirror support structure. The general arrangement of the structure is shown 
in Figure A-1. The meteoroid shell is attached to the forward ring of the 
structural shell which puts the meteoroid shell skin in tension during launch. 
The aft end of the shell is restrained in a compressible-material to restrict 
side movement of the shield. The sun shade structure is also put in tension 
during boost by bearing against the forward ring of the structural shell. 
Torsional and sway stability is provided jointly by the extension rollers and 
the shear pins in the aft torque box which engage the sun shade in its retracted 
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position (Fig. A-2). The secondary mirror assembly is supported in a 940 
mm (37 in.) diameter ring, which in turn is attached to the forward ring of 
the structural shell by a system of four spider beams, a s  shown in Figure A-2. 

a. Main Structural Shell. The main structural shell is comprised 
of 42 ring frames, a forward ring, and the skin panels. The complete cylinder 
is made up of two cylinders of equal length, each of which contains six panel. 
assemblies. These assemblies consist of the skin panel and 21 frame seg- 
ments which a re  spliced together longitudinally as  shown in Figure A-3. The 
ply orientation and total thickness of the skin and frames a r e  shown in Table 
A-1. The ring frame configuration is shown in Figure A-3. The 0.8 mm 
(0.032 in.) frame is a tee-section which is 76 mm ( 3  in.) high with a width 
of 51 mm (2 in.) a t  the skin flange. These frames also serve as  light baffles 
and for this reason may require the alternate configuration a s  shown in 
Figure A-4. In the alternate configuration, the flange angle would vary, 
depending on the particular station location of the ring. The main structural 
member of the shell is the forward torque box ring which is used as  the sup- 
port member for the secondary mirror spider beams, meteoroid shell, and 
sun shade in the stowed o r  retracted position. The torque box ring is a 
closed box measuring 4 in. by 4 in. which is vented through filters into space 
between the structural shell and the meteoroid shell, thus eliminating the 
possibility of emitting trapped contamination directly into the optical barrel. 

An alternate approach to the closed torque box ring is shown 
in Figure A-5. In this configuration the ring is an open channel reinforced 
with intercostals at  (0.175 rad) (10 degree) spacing to provide sectional 
stability. The secondary mirror support spider beams a re  attached to the 
inside of the channel by the use of two intercostals at  each beam. 

b. Meteoroid Shell Structure. The meteoroid shell is a minimum 
weight structural shell which surrounds the main structural shell, affording 
it protection against meteoroid damage. The space between the two shells 
is 51 mm (2 in.) deep, of which 38 mm (1.5 in.) is occupied by the frame 
height and 13 mm (0.5 in. ) by the insulation material which is attached to 
the outer surface of the structural shell. The 38 mm (1.5 in. ) high ring 
frames a r e  spaced on 20-in. centers and are  a simple "T" section with the 
38 mm (1.5 in.) base bonded to the skin panels (Fig. A d ) .  

The meteoroid shell is supported by a zee section attached 
to the forward torque box ring of the structural shell which pulls the meteoroid 
shell during boost. The aft end of the shield is supported in a compressible 
material which eliminates compressive forces in the skin but prevents lateral 
sway of the shell. 
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TABLE A-1. STRUCTURAL COMPONENT THICKNESS AND 
LAMINATE DESCRIPTION 

Component 

Structural Shell 

Skin 

Frames  

Meteoroid Shell 

Skin 

Frames  

Sunshade 

Skin 

Frames  

Forward Ring 

Secondary Mirror  Ring 

Aperture Doors 

Spider Beams 

Extension Rails 

Aft Torque Box 

Ring 

Web 

Forward Torque Box 

Rings 

Web 

Thickness 
(in. ) 

0.048 

0.032 

0.024 

0.032 

0.024 

0.032 

0.096 

0. oao 

2. oo/o. 010 

0.198 

0.096 

0.080 

0.032 

0.080 

0.032 

Material 

HMS/X-904 

HMS/X-904 

HMS/X-904 

HMS/X,904 

HMS/X -904 

HMS/X -904 

HMS/X-904 

HMS/X-904 

A lum/HC 

HMS/X-~W 

HMS/X-904 

HMS/X-904 

HMS/X -904 

HMS/X-904 

HMS/X-904 

[+45, -45,90,01 2s 

[+45, -45,90,01 S 

f+45, -45,90,01s 

S [+45, -45,90,01 

S 

S 

2s 

2s 

[+45, -45,90,01 

[+45, -45,90,01 

[+45, -45,90,01 

[+45, -45,90,01 

- 

4s 

2s 

[+45, -45,90,01 

[+45, -45,90,01 

[+45, -45,90,01 2s 

[+45, -45,90,01, 

Ply 
Thickness 

(mils) 

3 

4 

3 

4 

3 

4 

6 

5 

6 

6 

5 

4 

5 

4 
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The shell assembly is constructed in a similar manner as  the 
main shell, with the complete cylinder made of two cylinders, each of which 
is comprised of six panel assemblies consisting of skins and stub frame 
sections. Panel splicing is done as  shown in Figure A-3. 

c. Sun Shade Structure. The sun shade structure surrounds the . 
meteoroid shell when retracted. A space of 5 in. is maintained between the 
sun shade skin and meteoroid shell skin. This space is utilized to house 
the 76 mm ( 3  in.) high frames of the sun shade and the deployment tracks 
which a re  bonded to the exterior surface of the meteoroid skin, a s  shown in 
View D of Figure A-2. 

The 76 mm ( 3  in.) high ring frames of the sun shade, which 
a re  spaced on 255 mm (10 in.) centers, a r e  a "T" section configuration a s  
shown in Figure A-4. The base of the frame is 38 mm (1.5 in.) wide and is 
bonded to the baffle skin panels. A s  in the case of the main structural cylinder, 
an alternate "Y" frame configuration is shown in Figure A-4 should it be 
needed for light dispersion on further analysis. 

Again, a s  with the main shell and meteoroid shell, the 
completed cylinder is made up of two cylindrical assemblies, each consisting 
of six panel subassemblies spliced together (Fig. A-3). 

The sun shade is supported by the forward torque box ring of 
the structural shell during boost and is stabilized against sway and torsional 
forces by shear pins in the aft closure member a s  shown in View B of 
Figure A -2. 

2. Mechanical Deployment Systems. The sun shade deployment 
system consists of three basic parts: the rails and rollers, the actuation 
system, and the locking mechanism. The three systems were designed to 
the depth required for dynamic and structural analysis of the complete 
deployed telescope structure. 

a. The Roller System. The sun shade is guided to its extended 
position by four rails  which a re  bonded to the exterior surface of the meteoroid 
skin. The rollers a r e  located on the inside of the sun shade, a s  shown in 
Figure A-1  and Views By C y  and D of Figure A-2. 

The rails  a r e  spaced a t  1.6 rad (90 degree) intervals with 
seven rollers traveling on each rail. The rollers a r e  spring mounted to 
maintain constant pressure on the rails. The forward ends of the four rails 
a r e  tapered to aid in roller engagement onto the rails  during retraction. 
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The rails  do not react any loads from the deployed sun shade 
due to the locking mechanism used to secure the sun shade. In the retracted 
position the rollers a t  the forward end of the rails impart some minor torsion 
and sway loads into the rails. The rails  a r e  primarily loaded by motion during 
deployment and retraction operations. 

The rails  a r e  a graphite composite layup, which is described 
in Table A-1. The rollers a r e  molded graphite composite. 

b. The Locking Mechanism. The locking mechanism used to 
secure the sun shade in its extended position is shown in Figure A-6. The 
locking system is located in four places adjacent to the forward ends of the 
rail  system. 

The lock consists of a dual hook and an eccentric crank pin 
which is initially passively activated by the forward motion of the hook. Final 
locking is accomplished by an electric driven screw jack which pulls the 
eccentric pin up into the hook, removing the weight of the sun shade from the 
rails and transferring it into the forward torque box ring of the structural 
shell to which the locking mechanism is attached. 

c. The Activation System. Figure A-7 shows a feasible deploy- 
ment system of minimum weight which eliminates the need for heavy gear 
tracks and traveling motor systems. 

The system utilizes 0.13 mm ( 5  mil) stainless steel tapes 
which a re  stored on two reels, one for the deployment tape and one for the 
retraction tape. Tension is applied to the appropriate tape by a two-position 
electric motor and drive gear. Tape slack is controlled by a slip clutch 
between the two storage drums. 

The system consists of two assemblies located 3.15 rad 
(180 degrees) apart in the aft closeout structure. The motors a r e  synchronized 
to ensure identical deployment rates from both assemblies. Travel termination 
is controlled by sensitized inlays on the tapes which a re  detected by an elec- 
tronic scanner, which in turn controls the power input to the motor drive 
sys tem . 

C. Thermal Analysis 

A modal temperature analysis was performed by the Marshall Space 
Flight Center on the selected graphite/epoxy opitcal telescope assembly (OTA) 
structure, primary OTA ring, and mirror  assemblies. A separate part  of 
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the analysis produced temperature gradient,data for two of the main shell 
baffle rings, one near the primary mirror support and one near the secondary 
mirror support. Structural wall temperatures for the support systems module 
(SSM) were taken from an earlier analysis provided by NASA-MSFC from 
Reference A-2. The effect of temperature change on structural distortion was 
investigated for the worst 20-minute time period of orbit 61, assuming a sun 
inclination angle of 0.91  rad (52 degrees) to the OTA shell structure. The 
information supplied was converted to temperature change parameters neces- 
sary for the NASTRAN structural analysis model by the techniques described 
in this section. 

1. Assumptions. The following assumptions can be made: 

1. The critical time span is 20 minutes. (This was approximated 
to 0.4036 hours to coincide with the computer printout.) 

2. The Main Shell wall is the critical component and the particular 
20 minute period for analysis is that period during which the main shell wall 
experiences the maximum temperature change. 

3.  The temperature changes a re  symmetrical about a plane con- 
taining the longitudinal axis of the structure and the sun. (This assumption 
permitted the analysis of only two boundary conditions on the quarter model.) 

4. 
(SIP) are  identically zero. 

The temperature changes in the scientific instrument package 

5. The inside caps of the baffle rings in the main shell have a 
longitudinal temperature change (AT distribution) similar to the main shell 
wall AT distribution and a circumferential AT distribution similar to the 
circumferential AT distribution of the sun shade baffles. 

6 .  The forward support ring outside face temperature change is 
similar to the main shell wall AT and the inside face AT is similar to the 
spider beams AT. 

7. The sun screen and micrometeoroid shield a re  loosely coupled 
to the structural shell. 

2. Analysis Procedure. The procedure used in the assigning of 
temperatures to the nodes of the NASTRAN finite element structural model 
of the LST was a s  follows. The main shell inside-wall temperatures were 
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tabulated for the 61st orbit for the ring of eight nodes nearest the primary 
mirror (Table A-2) and for the ring of eight nodes nearest the secondary 
mirror (Table A-3) . Figure A-8 is a plot of the inside wall, eight nodes near 
the secondary mirror support. By co-mparison of the temperature changes 
during each 0.4 hour time period, it was observed that the critical time span 
was from 96.4603 hours to 97.0657 hours (the temperatures for 96.4603 hours 
being assumed equal to the temperatures for 98.2765 hours) The tempera- 
tures of the two intermediate rings of nodes on the main shell inside wall and 
the four rings of nodes on the main shell outside wall were tabulated for 
t = 96.4 hours and for 97.0 hours. Differences were obtained and averaged 
About the plane of assumed symmetry. The temperature changes were 
separated into symmetric and antisymmetric components about the plane of 
structural symmetry normal to the plane of symmetry containing the sun. 
This operation is shown in Tables A-2 and A-3 and summarized in Table A-4. 
The symmetric and antisymmetric components in Table A-3 were plotted 
versus longitudinal position a s  shown in Figure A-9 and curves drawn through 
the points. Temperature changes for the 10 ring stations of the NASTRAN 
model were scaled from the curves. A t  this stage, temperature changes were 
known at 0.39 rad (22.5 degrees) and 1 . 2  rad (67.5 degrees) from the 
symmetry plane containing the sun. The NASTRAN model has grid points in 
0.26 rad (15 degree) increments from zero to 1.6 rad (90 degrees). The 
two temperatures change components were plotted at each of the 10 stations 
and a curve was drawn through the points perpendicular to the planes of 
structural symmetry and through zero for the antisymmetric component at  
the plane of antisymmetry. The temperature changes for the grid points of 
the NASTRAN model on the main shell wall were then scaled from these plots. 

The sun screen and micrometeoroid shield temperatures were 
tabulated next. Considerable asymmetry was observed as typified in Figure 
A-10. It was decided to invoke the assumption of loose coupling and to 
approximate the asymmetrical temperature change by a symmetrical change. 
To partially compensate for the unconservatism in the symmetry approximation, 
the temperature changes selected for application to the model, Figure A-11, 
were chosen to represent the maximum variations encountered and not the 
changes occurring during the selected 0.4 hour time period critical on the 
main shell wall. This selected temperature change distribution was not 
varied longitudinally since longitudinal variation in the sun screen and micro- 
meteoroid shield can have only a minor effect on the main shell and mirror 
support structure. The circumferential variation of the selected temperature 
change was extrapolated to grid points spaced 0.53 rad (30 degrees) apart, 
separated into symmetric and antisymmetric components, and applied to the 
grid points of the NASTRAN model. 
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21.20, 

20.70°F TO 21.20°F (98.2 NRS.)  ---- 
25.25OF TO 26.50°F (97.0 HRS.) ----- 

Figure A-8. Structural shell inside-wall temperatures - Gist orbit. 
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Figure A-9.  Longitudinal temperature change variation in main shell wall. 
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Figure A-10. Micrometeoroid shell first ring temperatures - 61st orbit. 
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Figure A -11. Assumed FEM node point temperatures. 

Temperature information on the caps of the rings in the main shell 
was obtained from the curves included as Figures A-I2 and A-13. Node 10 was 
assumed typical of caps of the rings. For ring caps near the secondary mirror,  
the maximum temperature change in 20 minutes ( 0.33 hour) was found to be 
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approximately 0.1 rad (5.8 degrees). For ring caps near the primary mirror,  
the temperature change was obtained by ratioing the 0.1 rad (5.8 degrees) by 
the ratio of the total gradient of a baffle near the secondary mirror to the total 
gradient of a baffle near the primary mirror. This gave a variation of 0.2"C 
( 0.47" F) . These two temperature change points were added to the plot of 
wall temperature change longitudinal variation and a similar curve was drawn. 
Also; in accordance with the assumption in item 57 of Section C . I, the above 
temperature change was assumed to be a maximum, and a circumferential 
distribution similar to the sun shade baffle distribution was used. The longi- 
tudinally and circumferentially distributed ring cap temperature changes were 
added to the main shell temperature changes and applied to the grid points of 
the NASTRAN model. 

The temperature changes for the spider beams during the critical 
time period were obtained directly from the computer printout and were 
applied to the grid points of the NASTRAN model. The temperature changes 
were very small and zero longitudinal variation on the height of the spider 
beams was assumed. 

The forward ring on the main shell was assigned temperature 
changes equal to spider beam temperature changes on the inside face and 
equal to the main shell wall temperature changes on the outside face. 

The SSM wall temperature change was taken from Figure A-14 
[A-21 The maximum temperature change during 20 minutes was scaled as  
0.83"C ( I 5" F) . This was an e r ror  because the plot is in degrees centigrade. 
Any future runs with the model should have the SSM wall variation corrected. 
Zero longitudinal variation and a circumferential temperature change variation 
similar to the one selected for the micrometeoroid shield were assumed. 

Since the SSM is structurally attached to the ring supporting the 
primary mirror, it is important that the temperature change applied to the 
SSM wall be corrected and a better circumferential distribution obtained. 
This is probably the single largest source of inaccuracy in the current analysis. 

3. Second Iteration Revisions. The first thermal distortion analysis 
employing the node-point temperatures described in Section C . 2  was con- 
ducted. It was evident that the high temperature changes of the sun shade 
shell were producing large radial deflections which structurally cdupled with 
the main shell and secondary support beams to induce most of the secondary 
mirror  defocus. It was  decided to rerun the distortion analysis for the case of 
insulation on the exterior wall of the sun shade. For this analysis, the 
interior surface insulation temperatures of the thermal analysis were  applied 
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ORBIT TIME ,HOURS 

Figure A-14. SSM wall temperature 
variation. 

to the inner structural shell wall of the sun shade. A procedure similar to 
that described in Section C.  2 was used to derive the circumferential symmetric 
and asymmetric temperature changes. 

A n  additional change was made to the meteoroid shell node-point 
temperatures of the NASTRAN model in the overlap area ( 20 in. long) of the 
sun shade and meteoroid shell. The meteoroid shell temperatures were 
tapered from the exposed area edge to  values corresponding to the inside 
of the sun shade at  the end of the meteoroid shell. 

A s  a final correction, the SSM shell wall maximum temperature 
change was revised upward from 0.83"C (1.5"F) to 1.5"C (2.7"F) to correct 
the inadvertent e r ro r  introduced in the first run. 

D. Structural  Analysis 
Using the structural design outlined in Section B, the main elements 

of the structures were sized for load based on the Titan launch and Space 
Shuttle retrieval load factors. Detail element structural properties were then 
input to a NASTRAN finite element model and distortion, stress, and dynamic 
resultants were determined for the orbital condition. The purpose of the 
analyses was to assess  the feasibility of the graphite design and establish the 
critical areas of the structure. Optimization of the designs was not possible. 
Therefore the analysis results may be viewed with a certain degree of 
optimism toward future refinement. 
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1. Structural Sizing. The limit load factors for all conditions a r e  
shown in Table A-5. The structure (Fig. A-15) is assumed supported at  the 
end rings (Points A and B) of the main shell for all  loading conditions except 
for the Titan launch condition, where the structure is cantilevered from the 
aft end (Plane A ) .  The preliminary estimates of component weights used in 
the strength sizing analysis a r e  shown in Table A-6. The structural material 
used was, in the main, a pseudo-isotropic layup of HM-S/X-904 graphite/ 
epoxy. Reduced allowables (from the average of current test  data) for this 
material used in the analysis a r e  shown in Table A -7. A factor of safety of 
1.4 on limit loads was used throughout the sizing to derive the ultimate design 
loads. 

TABLE A-5. LST LIMIT LOAD FACTORSa 

Condition 

Titan Launch 

Orbiter Entry 

Sbttle Launch 

End Shuttle Boost 

Landing 

Air Transport 

Forward 

6 .0  

-0.5 

1.4 fl. 6 

3 .0M.3  

-1.3 

s. 0 

Lateral 

fl. 5 

fl. 0 

fl. 0 

fO. 6 

39.5 

fl. 5 

Vertical 

fl. 5 

-3.0 fl. 0 

fl. 0 

M. 6 

-2.7 M.5 

43.0 

. a. Ultimate factor of safety = 1.4. 

a. Main Shell Loads. Shell loads and shell equivalent unit loads 
for the Titan and Space Shuttle Orbiter conditions are given in Table A-8. The 
Titan launch case is critical for shell stability. 

b. Main Shell Instability. The properties of the main shell wall, 
with baffle ring stiffeners, was calculated as  shown in Figure A-16. A 
general instability analysis of the main shell was performed by the method 
of Reference A-3. The classical instability value for the shell was calculated 
(for pure compression) to be 

N = 44.6 MN/m (255 lb/in.) 
C 
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ORBITER ENTRY SUPPORT PLANES-4 

4 TITAN LAUNCH 
5.72M 

(225.5 IN.) 

MAIN SECOND 
MIRROR RING 

SPIDER BEAM (4) 

SECONDARY MIRROR PRIMARY MIRROR * 

ENCLOSURE 

APERTURE DOORS - ' 
FWD CLOSURE- 

METEOROID BUMPER 

MAIN STRUCTURAL CYLINDER 

Figure A-15. Structure of LST. 

TABLE A-6. COMPONENT WEIGHTS AND CENTER OF 
GRAVITY LOCATIONS 

Code 

a 

h 

C 

d 

e 

r 
g 

h 

i 

j 

k 

1 

m 

n 

0 

I' 

Co niponent 

Main Structural  Shell (Skin) 

blain Structural  Shell (Rings) 

Main Structural  Shcll (Insulation) 

Meteoroid Bumper (Skin) 

Mctcoroid Bumper (Rings) 

hlcteoroitl B u m l x r  (Rails) 

Sunshade (Skin) 

Sunshade (Rings) 

Forward Torque Box Closu re  

Secondary M i r r r o r  

Enclosure 

Aper tu re  Doors 

Main Secondary M i r r o r  Ring 

Secondary M i r r o r  Ring 

Spicler Beams (4) 

Sunshade Latch Mechanisms 

Wt - 
k g  - 
112 

51 

35 

61 

13 

14 

66 

38 

15 

36 

6 

57 

13 

10 

20 

3.2 - 

z (' 
m 

2.87 

2.87 

2.87 

2.87 

2.87 

2.87 

2.87 

2.87 

5.66 

6.05 

6.43 

6. 05 

5.69 

5.97 

5.89 

5. GO 

- 
- 

- 
a. Z measured from plane A (Fig. A-15). 
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.0.032 

032 

AREA = 0.4125 INCH' 
CENTROID (Y) = 0.4178 INCH 
I ABOUT CENTROID --= 0.2667 INCH4 

Figure A -16. Section properties of main shell wall. 

A knockdown factor from Reference A-4 must be calculated and applied to the 
classical value. The values obtained a r e  

h = 0.524 (compression) 

and 

A = 0.614 (bending) . 

The resulting buckling allowables for general instability are,  therefore, 

N = 0.524 (44.6) = 23.37 MN/m (133.6 lb/in.) 
c r  

(compression) 
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and 

N = 0.614 (44.6) = 27.38 MN/m (156.6 lb/in.) 
c r  

(bending) . 

The Titan launch condition a t  Plane A (Fig. A-15), produces the maximum 
running loads. The margin on general instability for this condition is 

-1 = 1.6 . 1 
26 30 - + -  
134 157 

- - 1 
R + R b  

M.S. = 
C 

General instability for shear gives a very high margin of safety. 

The shell was also checked for local instability between rings 
in combined compression, bending, and shear; shear was not critical. The 
general form of the local instability equation is taken from Reference A-3 as  

t2 
N = 0 . 6 y E  - c r  R y  

where y is a knockdown factor. For  local instability, the following allowables 
a re  calculated: 

N = 7.7 MN/m (44 lb/in.) (compression) c r  

and 

N = 8.2 MN/m (80 lb/in.) (bending) . 
c r  
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The margin in combined bending and compression for the Titan launch case is 
critical: 

-1 = +0.03 . 1 
R + Rb M.S. = 

C 

Thus the shell is appropriately sized for local instability near the base ring. 
It should be possible, if desired, to reduce the shell weight somewhat by 
reducing the skin thickness near the forward end. This was not considered 
in the design, however, in order to provide a uniform protection against 
micrometeoroid impact over the entire shell. The maximum shell stresses 
from launch loads are: 

98 MN/m 

1.21 x m 

N + Nb 

t - - (-) C c =  

= 8.274 x lo3 MN/m2 (1200 Psi) 

c. Secondary Shells. The highest loads on the sun shade and 
micrometeoroid shells occur during Space Shuttle entry (since these shells 
a r e  not cantilevered). Both shells show very high margins for general and 
local instability and were therefore sized for minimum-gage with the micro- 
meteoroid bumper requirements. 

d. Secondary Mirror Support Beams. An analysis of these beams 
indicates them to be critical in torsional instability because of the desire to 
reduce the frontal area blockage (and therefore the beam cap width) on the 
primary mirror. A typical beam is shown in Figure A-17. Four Combinations 
of cap/web thickness were checked for instability and weight as  shown in 
Table A-9. The configuration of Case 3 was selected as a reasonable compro- 
mise between cap width (blockage) and weight. 

The beams are  assumed to’be restrained against twist at the 
ends but free to warp. Torsional instability is therefore governed by the 
following expression (taken from Reference A-3) J 
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Figure A-17. Secondary mirror support beam. 

TABLE A-9. BEAM OPTIMIZATION (WEIGHT VS BLOCKAGE) 
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7r 
G J  + - E T  

where all the nomenclature is familiar except, possibly, the warping constant 
I' , givenby 

for the compression cap (see Reference A-5) .  

The simple expression shown above for torsional instability is 
really applicable only to beams of constant cross section. Thus, for the 
variable height support beam, an effective height must be determined which 
represents an equivalent constant beam section. 

Figure A-18 includes plots of compressive stress, J/I , and 
the warping constant r over the length of the beam. The critical stress for 
instability in this beam geometry is primarily governed by the J/I ratio, and 
the critical beam section is the large end. The beam loads and compressive 
stresses were calculated for the Titan launch condition. The equivalent beam 
for instability calculations was assumed to have the I , J , and I? values 

P 
calculated for the large end of the actual beam, with the compressive stress 
a t  the large end applied uniformly over the structure. The following numerical 
values were obtained: 

(i = 420 MN/m (2396 lb/in.) (applied compressive stress) , 
C 

I = 30 x lo6 mm4 (72  he4) 

J = 17.4 x 103 rnm4 ( 0 . 0 4 1 8 i ~ ~ )  

r = 15.68 x lo6 mm6 ( 0 . 1 9 4 i ~ ~ )  

P 
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CRlTICAL 

COMPRESSIVE BENDING SI'RESS 

MOMENT OF INERTIA (Ip) INCH4 

TORSIONAL CONSTANT (J) INCH4 

0.194 

0.106 

O o O ~  WARPING CONSTANT ( r  ) INCH4 

0.01276 

~ ~ ~ * o . o o o ~ , ~  0.001343 

' STIFFNESS RATIO (Jr$) 

Figure A-18. Beam stress and stiffness diagrams. 
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and 

u = 430 MN/m (2461 lb/in.) (critical compressive c r  

stress) . 

The margin of safety against torsional buckling is 

2461 
2396 

M. S. = - - 1  = + 0.03 

e. Meteoroid Protection System. An analysis of the required 
wall thickness for meteoroid protection requirements yeilds the results shown 
in Figure A-19. The curves indicate the probability of puncture of the 
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Figure A-19. Structural shell thickness as  a function of mission time. 
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structural shell for 1, 3,  and 5 year time spans. The structural wall thickness 
of 1.22 mm (0.048-in.) is indicated on the graph for the cylinder area of the 
structural shell, which is 58.27 m2 (627 f@) . The analysis is based on a 
meteoroid bumper skin thickness of 0.61 mm (0.024 in.) . 

2. Finite Element Model. The structure of the large telescope was 
analyzed for thermal distortion and dynamic characteristics using the finite 
element program, NASTRAN [A-61 operating on a CDC 6400 computer. It 
was selected as  the analysis program because it possessed automated thermal 
distortion analysis and vibration analysis of a single model. With a single 
model to be used for both analyses, considerable effort was exerted to model 
accurately all  structure which was important dynamically (because it was 
heavy and/or flexible) and all structure which would produce distortion of the 
optical path when that structure was subjected to temperature changes in orbit. 

After some effort was exerted in producing a half model with a 
single plane of symmetry (which the preliminary drawings of the LST indicated 
the structure possessed), it was decided to develop a more detailed quarter 
model with two planes of symmetry. This necessitated approximating the' 
three point support of the main mirror with four supports and approximating 
the assymmetric support of the SIP with doubly symmetric truss structure. 
It is felt that considerably more accurate data can be obtained from the very 
detailed quarter model than a less detailed half model which could be handled 
by the CDC-6400 NASTRAN program. The following paragraphs discuss the 
procedure and assumptions used in developing the NASTRAN model. Computer 
plots of each of the substructures a re  provided to display the modeling 
technique. 

a. Solar Array. The solar array was represented by a single 
node a t  the center of gravity of the solar array with a mass and rotary moment 
of inertia such that the mass and cantilever bar supporting it had a first bend- 
ing mode of 0.6 Hz and a first torsional mode of 0.66 Hz as  supplied by NASA. 

b. System Support Module. The SSM was included in the model 
(1) because it was there, (2) because it has mass and contributed to cantilever 
bending, and (3)  because its main wall was subjected to temperature changes 
and was directly attached to the main ring supporting the primary mirror. 
Because the SSM was not of primary interest, it was modeled rather crudely 
with nodes every 30 degrees on the circumference. The skins a re  1.78 mm 
(0.070 in.) aluminum membrane elements with longerons and rings. The aft 
ring has a reduced diameter to approximate the center of gravity of the heavy 
equipment mounted there. The ring and longeron a re  given increased bending 
properties where the solar array attaches. Figure A-20 indicates the SSM and 
solar array bar and plate elements for the quarter model. 
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c. Scientific Instrument Package. The SIP was included solely 
for its dynamic influence. The model structure consists of flexural rings and 
axial rods in the truss area and flexural rings, shear panels, and axial rods 
in the forward area. It is attached to the inside of the primary ring of the 
main shell by a substitute doubly symmetric truss structure. Figure A-21 
indicates the structural model. 

d. Pressure Bulkhead. The pressure bulkhead is modeled with 
flexural and membrane elements and serves to keep the aft double ring of the 
main shell round. Figure A-22 shows the bulkhead panels. 

e. Main Mirror. The main mirror is modeled with membrane 
and plate bending elements. Its weight is included for dynamic accuracy. The 
supports for the main mirror a re  approximated by four flexural bars rather 
than three. The bar properties a re  75 percent of the properties of the sup- 
ports. Figure A-23 illustrates the mirror model panels. 

f. Main Shell. The main shell is the primary structure of 
interest in the thermal distortion analysis and was modeled in considerable 
detail. Grid points were spaced every 0.26 rad (15 degrees) on the circum- 
ference and frames were spaced every 508 mm (20 in. ) longitudinally. This 
produced approximately square skin panels which were desired for accuracy. 
The rings were modeled with inner and outer caps to include any out-of-round 
effects caused by temperature variation in the light baffles which serve as  
rings in the structure. The rings on each end of the structure were fully 
modeled and properties were assigned to most accurately produced torsional 
and flexural stiffnesses and, somewhat less accurately, axial stiffness. 
Shear panels were used in the rings and torque boxes because the panel aspect 
ratios were too large for accurate use of membrane elements. F igures A -24 
through A-28 picture in detail the models of the components of the main shell. 

g. Micrometeoroid Shield (MMS) , The MMS was rather crudely 
modeled as  it is loosely coupled to the main shell. Grid points a r e  spaced 
every 30 degrees circumferentially and 899 mm (35.4 in. ) longitudinally. The 
structure is represented by membrane elements and flexural rings with flexural 
longerons a t  the 0 rad ( 0  degree) and 1.57 rad (90 degree) points located at  
the sun screen roller rails. Figure A-29 indicates the shell members. The 
MMS is attached to the aft main shell ring by radial rods to represent the 
actual MMS channel support fitting, which is designed to provide zero longi- 
tudinal support. The upper end of the MMS is attached to the forward ring of 
the main shell by two links which provide the radial and longitudinal spring 
rates provided by the actual zee support. Torsional attachment was by tangent 
rods in the first modeling and by shear panels in the second modeling. 
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Figure A-22. Pressure bulkhead panels. 
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Figure A -23. Primary mirror panels. 
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Figure A-25. Main shell panels. 

Figure A-26. Primary ring panels. 
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Figure A-27. Primary ring bars. 

Figure A-28. Forward ring model of main shell. 
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h. Secondary Mirror Structurei The beams which support the 
secondary mirror and the structural ring which surrounds it were modeled 
using bars, bending plates, and shear panels. Considerable effort was 
expended in this area because the secondary mirror movement caused by 
main shell distortion is principally dependent on the stiffness and mechanical 
coupling of this structure. The secondary mirror was supported by 12.7 mm 
(0.5 in.) diameter rods to a shelf which was hypothesized as  closing the top 
of the ring. Figure A-30 indicates this structure. 

i. Aperture Doors. The aperture doors were modeled with 
single grid points at  their centers of gravity. Because of the lack of definition 
of their support structure, the bars supporting the masses representing the 
doors were assigned large areas so that the natural frequency of the doors was 
higher than the range of interest. After the stiffness of the mechanism sup- 
porting the doors is determined, the areas of these bars should be corre'cted. 
Figure A-31 shows this model. 

j. Sun Screen. The sun screen is modeled with grid points 
0.53 rad (30 degrees) apart circumferentially and 1113 mm (43.8 in.) longi- 
tudinally. The forward part has membrane elements and flexural rings. The 
aft part has membrane elements with rings and longerons modeled with inner 
and outer caps. The interior grid points allowed the eccentric attachment to 
be accurately represented. The model is shown in Figure A-32. The support 
to the forward ring of the main shell is provided by two bar trusses at the 
0 rad ( 0  degree) and 1.575 rad (90 degree) points. The two bars were sized 
to represent the stiff attachment mechanism which was designed. It was 
felt necessary to provide a stiff attachment to prevent low flexural bending 
frequencies. Torsional attachment was modeled with tangent bars in the 
initial model but was changed to radial bending bars in the second modeling. 

k. Launch Case. Although the current NASTRAN analysis con- 
cerned itself only with the orbit configuration of the LST, the same model can 
be used to study the launch configuration by simply changing the connection of 
the sun screen support rods and the coordinate system of the sun screen modes. 
The use of BANDIT, an auxiliary program which examines the connections of a 
NASTRAN bulk data deck and resequences these connections to minimize the 
bandwidth of the stiffness matrix, allows the simple remodeling described 
above to be done without any major penalties in run time. 

3. Distortion Analysis. Two models were run to determine thermal 
distortion. The first and second models were different in the placement of 
the sun shade insulation, temperature change in the SSM shell, and detail 
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Figure A-30. Secondary mirror and support beams. 

Figure A -31. Aperture door model. 
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modeling of the shell coupling bars and panels a t  the forward end of the main 
support shell. An inspection of the results of the two runs provides consider- 
able insight into the behavior and critical areas of the various parts of the 
structure under thermal load. Figure A-33 illustrates the nodes of greatest 
interest in analyzing the results. Node 99 is at the center of the face of the 
secondary mirror and nodes 262 and 263 a re  at the edge of the center hole in 
the primary mirror. The defocus calculation is, therefore, the sum of the 
shift of nodes 99 and either 262 or  263. The tilt of the secondary is read 
directly a t  node 99. 

Node 35 (on the sun shade) and node 50 (on the main shell just 
below node 35) provide a measure of the optimization of the self-compensating 
feature of the structure. A s  illustrated in Figure A-34, an increase in the 
temperature of the main shell causes the shell to both lengthen and grow in 
radius at the forward end. Because the beams are at an angle 8 to the shell 
radial plane, the radial growth of the shell will cause the beam apex to move 
aft. If the angle 0 is properly chosen, the aft motion of the beam apex (which 
ties directly to the secondary mirror) can exactly compensate for the focal 
length increase caused by the longitudinal expansion of the main &ell. 

Nodes 281, 288, 295, and 314, on the primary ring, can be used 
to visualize the distortion of this ring which drives the longitudinal (or  defocus) 
shift of the primary mirror. A major portion of the defocus distortion of the 
optical system is due to the movement of the primary mirror. 

Two sets of distortions are  produced for each model, one for the 
sunlit side of the shell and one for the shaded side. The largest distortions 
produced, from either the sun or antisun side, a r e  presented in discussing the 
results. 

a. Interior Sun Shade Insulation. The initial model simulated a 
design in which the extendable sun shade insulation was mounted on the interior 
shell wall. While providing a relatively cool surface for radiation to the 
beams, secondary mirror housing, and other interior features, this design 
does nothing to alleviate sun shade structure temperature excursions. The 
resulting node point temperature changes in 24 minutes a r e  as  high as  49°C 
( 120°F).  

The node point deflections of interest a re  shown in the follow- 
ing table. 

A-49 



YODE 314 
NODE 295 

-NODE 281 

-NODE 288 
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$ -FWD -.- 
NODE 262,263 

Figure A -33. Distortion check points. 

14. Thermally compensating structure. 
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Node 
Number 

35 

50 

99 

262 

26 3 

Centerline Shift 
(in. x i om5)  

10.38 

6.21 

-52.30 

- 2.52 

- 2.32 

Radial Shift 
(in. x 

69.70 

47.70 

25.00 

- 0.26 

- 0.29 

Tilt 
( rad X l oq6)  

- 

- 

1.42 

0.07 

- 

Since the axial shift of point 99 (secondary mirror) and point 263 (primary) 
a re  of the same sign, the difference between the two values is the axial 
defocus. This value is 

axial defocus = (1328 - 59) mm I(52.30 - 2.32) in.] 

= 1269 X mm (49.981Ow5 in.) . 

The e r ro r  budget for thermal defocus is 2.0 X 

The axial defocus actually calculated, then, is about five times higher than 
the allowable value. 

mm, or  10  X in. 

Similarly, the tilt of the secondary mirror (node 99) is 
1.42 X rad ( 0 . 3  arc  seconds). It is not entirely clear what the tilt 
e r ror  budget should actually be, but a dead band value for the tilt sensor 
of 2.42 x 
than 2.42 x rad ( 0.5 arc seconds) are acceptable. 

rad ( 0.5 arc seconds) is reported so presumably tilts of less 

The tilt of the secondary is marginally acceptable, but the 
defocus is fa r  too great. Examination of the axial change of point 50, on the 
forward end of the main shell, shows a length increase of 158 X 

(6.21 X in. ) , one order of magnitude less than the length change of the 
secondary and in the opposite direction. The secondary is obviously not driven 
by the length change of the shell. Instead, the very high radial growth of the 
sun shade (69.70 X 

too far aft, overcompensating for the shell length increase. 

mm 

in.) is driving the secondary mirror support apex 
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Two possible design changes may be solutions to the defocus 
problem. One approach is to decrease the angle 8 of the beams (Fig. A -34) 
to make the secondary less sensitive to shell radial growth. A preferable 
approach in this case, however, seemed to be to reduce the gross sun shade 
temperature excursions by moving the insulation to the outside of the shell. 

b. Exterior Sun Shade Insulation. The exterior insulation reduces 
the sun shade structural node point temperature changes to about 27.8" C 
(50"F) ,  a reduction of over 50 percent. For  this iteration, the structural 
rods connecting the sun shade and main shell were also revised to more nearly 
represent the actual design of the latch fittings. In addition, the temperature 
change of the micrometeoroid shell in the area shaded by the sun shade over- 
lap was revised to reflect the sun shade temperature reduction in this area. 

The node deflections for this case are  shown in the following 
table. 

Node 
Number 

35 

50 

99 

26 2 

263 

Centerline Shift 
(in. x 

34.10 

12.90 

3.17 

- 4.69 

- 4.04 

Radial Shift 
(in. x 

40.0 

4 . 0  

1.6 

0 .3  

0 .3  

Tilt 
(rad X lov6) 

- 

- 

-0.015 

-0.016 

- 

The axial shift of the primary and secondary a re  now of 
opposite sign and must be added to obtain the net defocus: 

axialdefocus = (80.5 + 119) 10-5.[(3.17 + 4.69) 

= 1.98 X mm (7.86 X10-5 in.) . 

The tilt of the secondary is much smaller than in the first computation, only 
0.015 X rad (0.003 arc  second). 
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The axial defocus is now comfortably below the e r ror  budget 
allowance and the tilt is negligible. The reduction in sun shade radial growth 
(from the prior 69.7 X in.) and the softer coupling 
rods to the main shell have decreased the aft tilt of the beam apex. The axial 
change of the secondary is now considerably less than the shell extension, 
indicating that the geometry compensation is more nearly optimum. The scale 
plot of Figure A -35 indicates this compensation. 

in, to 40.0 X 

DISTORTION SCALE 
10 0OO:l  

F igure A -35. Thermally compensating beam structure. 

It is interesting to note that the axial shift of the primary 
mirror exceeds the axial shift of the secondary. Since the primary mirror, 
mirror mounts, and primary mirror support ring a re  all temperature con- 
trolled to 70°F, the distortion is obviously not direct thermal growth. Figure 
A-36 illustrates the cause of the primary mirror motion. The SSM shell, 
attached to the ring at  node 314, experiences a 1.5"C (2.7"F) temperature 
change and, since the SSM shell is high expansion aluminum, grows radially 
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and forces node 314 outboard and slightly forward. Node 288 on the interior 
forward corner of the ring reacts by rotating inboard and aft. The mirror 
mounts a r e  located on the ring element defined by nodes 288-302. The main 
mirror axial shift is a reaction, then, io the tilt of the main mounting ring 
by thermal expansion of the SSM. A more complete distortion plot of this 
area is shown in Figure A-37. The distortion of the SSM module is shown in 
Figure A-38. Note that the heavy primary ring is only slightly affected by the 
shell expansion. Gross radial deformations occur further aft in the SSM. 

Other distortion plots a r e  given in Figures A--39 through A-41 
for the main shell, meteoroid shell, and sun shade shell. The distortion 
*scale for these plots is amplified 5000 times. 

Several conclusions can be drawn from the thermal distortion 
analysis. The most satisfying result is the proof that a simple graphite shell 
structure, protected by a single thin layer of reflective insulation, is suffi- 
ciently distortion free to meet the stringent LST requirements. 

It can also be concluded that the expansion characteristics, 
thermal insulation, and connecting rod design of the meteoroid and sun shade 
shells a r e  very important to the proper design of the OTA structure. It is 
recommended that further design and analysis be conducted on this local area 
using only a portion of the full NASTRAN model. The geometry compensation 
of the support beams should also be checked for other heating cases. 

The SSM wall temperatures and forward end insulation should 
be studied in greater detail because SSM distortion is shown to couple signifi- 
cantly with primary mirror axial shift. The primary ring could also use 
more study to reduce its driving influence on the mirror. A simple ring 
tradeoff is the ratio of axial width to radial depth, which will change the 
reaction rotation of node 288 to node 314. It also appears that active 
temperature-induced rotation of the main ring could be employed as  a vibra- 
tionless focus compensation for fine adjustment. 

The asymmetric thermal coatings applied to the exterior of 
the OTA seem to be very effective in reducing circumferential temperature 
gradients. This conclusion is verified by the close node point deflections of 
the sun and shade halves of the shells. Other sun incidence angles should be 
analyzed, however, to find the best overall ratio of coating parameters and the 
most critical 24-minute time slice. 
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Figure A-36. Primary ring distortion. 
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Figure A -37, Primary mirror motion. 
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A final point of interest is the effect of radial temperature 
gradients in the main shell baffle rings. Both models incorporated ring 
gradients of about 3.3" C (6 O F )  . Although small ring distortions can be 
detected, the effect of these distortions appears to be negligible on tile of 
the secondary. It is concluded that thin rings and high radial temperature 
gradients a r e  acceptable for the graphite/epoxy design. 

4. Structural Dynamics Analysis. An evaluation of the dynamic 
characteristics of the LST was performed using an analytical dynamic model 
derived from the detailed structural model used for the thermal distortion 
analysis of Section D. 3 .  

Symmetric boundary constraints were imposed on the X-Y plane of 
the quadrant model, while antisymmetric constraints were applied to the 
X-Z plane. This set of boundary constraints restricts the telescope to lateral 
motions in the Y -direction, i. e. , the motion associated with lateral bending. 
This selection of boundary conditions was chosen a s  the more critical of the 
two boundary conditions used for the thermal distortion analysis. Budgetary 
considerations precluded the development of additional boundary conditions. 
Of the four possible combinations of boundary conditions, the one chosen is 
the most critical. Symmetric-symmetric boundary conditions restrict the 
system to longitudinal vibrations, which a re  not considered to be critical. 
Antisymmetric-symmetric boundary conditions will produce vibration modes 
and frequencies essentially the same as  those obtained in this study. 
Antisymmetric- antisymmetric boundary conditions permit torsional distortion 
of the structure. Such behavior was not investigated in this study but it is 
recommended that it be included in future analyses. 

a. Development of Dynamic Model. The analytical model devel- 
oped for the thermal distortion analysis contained, once the constraints were 
imposed, some 970 degrees of freedom. Such a large system is well in 
excess of a practical size for the treatment of the modal evaluation problem. 
Using the matrix reduction feature of NASTRAN (OMIT cards), the structural 
model was reduced to 117 degrees of freedom by retaining only 68 of the 
original 369 grid points. 

The selection of the 68 grid points retained was based on an 
examination of the weight distributions of the model. Grid points carrying 
large weight concentrations were retained, along with a sparse but uniform 
distribution of other grid points. 
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Mass information was originally entered via material density, 
distributed nonstructural mass values, and concentrated masses. This 
information was automatically converted into concentrated masses a t  each 
of the 369 grid points, then further concentrated by hand to the 68 dynamic 
model grid points. 

The matrix procedure used does not degrade the structural 
description of the telescope and a recovery of the total displacement vector 
has been achieved. Modal amplitudes a re  available a t  any of the original 
369 grid points. 

b. Results. The frequencies of vibration obtained in this study 
are  given in Table A-10. Representative mode shape plots are  given in 
Figures A -42 through A -46. 

TABLE A-10. LST NATURAL FREQUENCIES 

Mode 
F requency 

(Hz) 

0.66 

8.87 

10.61 

22.23 

25.31 

27.58 

28.89 

Remarks 

Solar Panel in Torsion 

Secondary Mirror (model error) 

SIP Cantilever First Mode 

First Body Bending 

Local Mode at  Doors 

Local Mode at Doors 

Second SIP Mode 

The lowest frequency mode obtained in this analysis is that 
of the solar panel in a torsional mode about the supporting boom. The solar 
panel simulation was specifically developed to match the cantilevered natural 
frequencies supplied by NASA. The low frequency of 0.6 Hz is so far removed 
from the lowest system frequency that the mode shape remains essentially 
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solar panel motion only. The second cantilevered solar panel mode is not 
observed in the results presented here because of a modeling error. Its 6 Hz 
frequency, along with the results of this study, suggests that it, too, would 
be uncoupled from responses in the remainder of the structure. 

The second mode of vibration, at  8.78 Hz, has been identified 
a s  a mode involving the secondary mirror, again without appreciable coupling 
with the rest  of the structure. Examination of the finite element model in this 
region revealed that the plate system from which the deflecting element is 
suspended is much to thin. A reasonable thickness will be six orders of 
magnitude greater, with the result that the resonant frequency of the region 
will be increased by three orders of magnitude and will not be of concern. 

The 10.61 Hz third mode is the response of the cantilevered 
SIP. The principal concentration of internal energy in this mode is found to 
be contained in the equipment module itself, rather than its supporting struc- 
ture. There is very little motion in the remainder of the system except for a 
slight rigid body response resulting from momentum conservation. 

The remaining natural vibration modes, including the first 
body bending mode, a re  found in the frequency range above 20 Hz and con- 
sequently indicate that the response of the structure caused by external 
disturbances should not impair control system performance nor produce 
excessive image plane motion. 

E. Weight Analysis 
Mass properties data have been developed for the graphite composite 

OTA design described in Section B. This section summarizes the detailed 
weight analysis for both the graphite composite version and the Itek config- 
uration supplied by the NASA contracting office. 

Table A-11 presents a detailed weight breakdown of the structure which 
has been designed in graphite composite materials. Table A-12 summarizes 
the weights of the complete OTA including the mechanisms, the aperture 
doors, and the mirrors and their associated mounting structures and 
mechanisms. 

Figure A-47 shows the variation of the total structural shell frame 
weight versus the frame thickness for the two frame configurations under 
consideration. The baseline thickness is noted on the curves. 
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TABLE A-11. WEIGHT SUMMARY OF OTA COMPOSITE STRUCTURE 

Item 

Structural Shell 

Forward Ring 

Frames 

Aft Angle 

Skin 

Longitudinal Skin Splices 

Radial Skin Splices 

Frame Splices 

Meteoroid Shell 

Frames 

Aft Angle 

Retainer 

Forward Zee 

Skin 

Longitudinal Skin Splices 

Radial Splices 

Frame Splices 

Rails 

Sunshade 

Frames 

Forward Closure Box 

44.11 

157.96 

4.74 

260.20 

7.89 

1.14 

13.06 
489.10 

21.34 

1.56 

3.92 

12.36 

124.89 

3.61 

1.00 

1.14 

21.42 
190.92 

69.75 

40.71 

A-66 



TABLE A-11. (Concluded) 

Item 

Sunshade (Continued) 

Aft Closure Box 

Inter co stals 

Skin 

Longitudinal Skin Splices 

Radial Skin Splices 

Frame Splices 

Secondary Mirror Support Structure 

Ring 

Spiders 

Fittings 

Aperture Doors (Al/Hc) 

Facings 

Core 

Adhe s ive 

Insulation 

Aperture Doors 

Structural Shell 

Sunshade 

Contingency 

Total 

41.47 

19.59 

137.15 

3.74 

1.26 

3.26 
216.93 

24.57 

21.73 

4.60 
50.90 

24.29 

21.12 

2.27 
47.68 

19.57 

68.00 

75.00 
162.57 

54.50 

1212.60 

9-67 

d 



TABLE A-12. COMPOSITE OTA WEIGHT SUMMARY 

Item 

Exteridable Shield 

Meteoroid Shell 

Structural Shell 

Secondary Mirror Support 

Aperture Doors 

Insulation 

Structural Contingency ( 5%) 

Truss Structure 

Truss Rings 

Secondary Mirror Dome 

Secondary Mirror 

Primary Mirror Assembly 

Main Mirror Support Ring 

Mirror Mounts 

Pres sure Bulkhead 

Mechanisms 

Secondary Mirror Mount 

Total 

lb 

216.93 

190.92 

489.10 

50.90 

47.68 

162.57 

54.50 

- 

- 

9.00 

80.00 

4263.00 

372.00 

273.00 

705.00 

180.00 

40.00 

7134.60 
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Figure A-47. Structural shell frame weight vs thickness. 

F. Conc I u s ion s 
The thermal distortion analysis results indicate that the graphite/ 

epoxy OTA structure is adequately stable during the worst 24 minute period 
of the heating case analyzed. Calculated distortions of the secondary mirror 
relative to the primary mirror a re  

Thermal defocus: 1 . 9  X m ( 7 . 9  X in.) . 
Tilt: 0.015 X rad (0.003 arc second) . 

The allowable thermal distortion values a re  

Defocus: 2 X m (8  X lom5 in.) . 

0 

Tilt: 4.5 X l o m 6  rad (0.928 arc  second) . 
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The structural dynamics analysis indicates that the composite 
LST has suitably high natural frequency characteristics. The first few modes 
in the Orbital Configuration a r e  shown in the following table. 

Solar Array Torsion 

Aluminum Support Plate Bending 

SIP Structure Bending 

The weight of the composite structure compared with the other 
proposed structures is low. 

The maximum stress  levels in the graphite/epoxy structure occur 
a t  the base of the main shell and in the secondary mirror support beams during 
the Titan launch. These a r e  8.27 MN/m2 (1200 psi) and 17.93 MN/m2 (2600 
psi), respectively. The maximum thermal stresses during orbit a r e  very 
low, about 2.41 MN/m2 (350 psi). These low stresses a re  a result of the 
low thermal expansion of the structure. 
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APPENDIX B 

SOLAR SYSTEM OBSERVATIONS 

A. 1 ntroduction 

The following material represents the essential parts of a Phase A 
Boeing study recently completed for MSFC, "An Analysis of the Large Space 
Telescope ( LST) Application to Solar System Observations," Boeing Report 
No. D180-15232-1, January 1973, NASA Contract NAS8-29182. The purpose 
of the effort was to examine how the LST can be  sed for planetary work. An 
accurate planet tracking capability is necessary to exploit the full potential 
of the LST for solar system observations. 

The Boeing work began about midway of the Phase A LST studies done 
by ITEK, Kolsman, and MSFC and ended about 2 months later than the others. 
Therefore, it was impossible to incorporate the results of the Boeing contract 
into the LST design concepts in the Phase A Report. 

B. LST Line of Sight (LO9 Travel Rate and Distance 
1. Purpose. The purpose of this section is to determine the LST 

line-of-sigh=-travel rate and distance. 

Figure B-1 illustrates four conditions that were established for 
analysis of the telescope motion. Condition I is an LOS track mode where the 
object is assumed to be a point source. ' (This condition has two parts a s  can 
be seen in Figure B-1.) Condition I1 applies to a moving spot on a rotating 
object such as  Jupiter. Condition 111 is a raster scan mode. Condition N 
is a stepped scan mode. A spectrometer slit, for example, might be stepped 
across an object, stopping a t  each step to collect sufficient flux for a 
meaningful mea sur ement . 

2. Centroid Track of Primary Object. The maximum LOS travel 
rate and distance for the LST have been calculated. The calculations show 
that generally the maximum LOS travel rates occur when the target is on 
the opposite side of the sun from the earth. Certain maximum values a re  
tabulated in Table B-1. The second column in the table gives: (1) the 
angular LOS travel distance, (2)  viewing time per LST orbit, (3) earth to 
object distance, and (4) object size. 
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3. Centroid Track of Satellite. Data were developed that give the 
maximum LST LOS angular travel distance and rate for satellite tracking, 
assuming the LST and planet to be fixed. Figure B-2 illustrates the maximum 
effect of satellite motion. Those having the greatest effect on the LOS motions 
are  nearest to the planet. The graphi'cal data provide only maximum values 
that occur when tracking satellites near their parent body. Using as  an 
example the satellite nearest Jupiter, a maximum LOS travel of 39 a rc  see 
and a rate of about 0.6 a rc  sec/min a re  found to exist. This assumes a 
viewing period of 59 min per LST orbit. 

4. Spot Track. Calculations were made to determine the maximum 
LOS travel distance and rate that occur when tracking a spot on a rotating 
object. Figure B-3 illustrates these calculations. The data apply to the 
maximum LOS movement that occurs only when observing near the center of 
the object. The LOS movement for observation near the limb of the object 
would approach zero. For example, for Jupiter with a 45-arc sec diameter, 
the LST LOS maximum travel distance would be approximately 13 a rc  sec 
for 50 min of viewing, and the LOS travel rate would be approximately 0.25 
arc  sec/min. 

5. Raster Scan. This analysis was done to establish the total scan 
time for an object of given size, assuming the object and LST a re  fixed. Data 
from this analysis a r e  shown in Figure B-4. These values are  based on the 
following assumptions: a track velocity of 1 arc sec/sec, a turnaround time 
between scans of 1 min (this accounts for acceleration, deceleration, travel, 
and dynamic decay time involved in this nondata recording period), and a 10- 
arc  sec turnaround distance beyond the limb. The data show that when using 
a 2-arc sec aperture, Jupiter can be raster-scanned in approximately 50 min. 
This is nearly the maximum time for viewing Jupiter during an LST orbit. 

6 .  Stepped Scan. The condition here is the stepping of a slit in the 
LST science data field across an object, assuming a certain setup time 
between slit exposures. The data developed are  used to establish the available 
slit exposure time for a given object size. Figure B-5 illustrates these data. 

The data a re  based on an assumed slit setup time of 1.5 min. 
This time accounts for acceleration, travel, deceleration, and dynamic decay. 
A s  an example of the data, consider a 10-arc sec length slit stepped across 
Jupiter (49-arc sec size) and an LST viewing period of 50 min; this will 
permit a 9-min exposure time for each of the required five frames. 
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7. Summary of Maximum LST LOS Travel Distance and Rate. Table 
B-1 is a compilation of data for the previously described four basic observa- ' 

tional conditions. For conditions I and I1 (centroid and spot tracking) for 
planets and satellites, Mercury requires the largest LOS tracking rate (ap- 
proximately 4 arc  sec/min) and Venus the largest LOS travel distance 
(approximately 180 arc  sec) during a viewing period. Of the two asteroids 
considered, Icarus has the largest LOS travel rate and distance (approximately 
25 arc sec/min and 1300 arc sec, respectively) for 50 min of viewing. 

Of the two comets studied, Halley has the highest LOS travel rate 
and distance (12.5 a rc  sec/min and 690 arc  sec, respectively) for 55 min 
of viewing. 

For  condition I11 (raster scan), the maximum LOS rates deter- 
mined for condition I a re  increased by the previously selected 1 arc  sec/sec 
scan rate. The LOS travel for this condition is determined by adding the scan 
turnaround distance and object diameter to the maximum values determined 
in condition I. 

For condition IV (step scan), the maximum LOS tracking rate is 
considered the same as for the largest value of the centroid or spot track 
conditions. Observation of a local area of the object must be held stationary 
on the science data field for the duration of the exposure, regardless of object 
motion. For  LOS travel distance, the maximum value is found by adding the 
centroid travel and the width of the object. In the case of Venus, the maximum 
travel is about 200 arc  sec. 

Of the two asteroids studied, Icarus is smaller than the LST 
spatial resolution size; therefore, a raster scan is not applicable. Ceres is 
not a large LOS control object because of its small size and degree of centroid 
track motion. 

The two comets studied in the two scan track conditions do require 
high LOS travel rates and distances (i. e., 73 arc sec/min and 840 arc sec). 
This is due to the assumed size of the comet head. 

C. LST Viewing Opportunities 

1. Factors Influencing Capability. The dominant factor influencing 
the capability of the LST to view a solar system object is the sun-angle con- 
straint. 'The influence of this constraint is shown in Figure B-6. A s  long 
as  the sun angle is greater than 45 degrees, the viewing time is equal to, o r  
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greater than, 53.2 min per LST revolutiond a s  in the example for Neptune. - 
A s  soon a s  the sun angle drops below 45 degrees, the LST can no longer view 
the solar system object while the LST is in the sunlight. This results in a 
steep drop in the viewing time, a s  plotted in Figure B-7. The viewing time 
does not drop entirely to zero, because there is still some viewing possible 
while the LST is in the sun-and-earth shadow. In this case, the LST is using 
the earth as  an occulting disc to block the sunlight while it views the solar 
system object, allowing viewing of less than 45 degrees. A s  the sun angle 
drops further below 45 degrees the viewing time grows shorter and eventually 
vanishes. 

For  the Neptune example, the value of 53.2 min derives from the 
limb-of-the earth constraint, defined in Figure B-6, and the orbit altitude, 
chosen for this study a s  330 n. mi. The orbit altitude fixes the nodal period 
of the LST in its orbit a t  96.6 min. The solar system object will clearly 
have the shortest viewing time (sun and moon constraints neglected) if the 
line of sight from the LST to the object lies in the plane and the LST orbit. 
When this happens, the limb-of-the-earth constraint of 15 degrees limits the 
viewing time to 53.2 min per U T  revolution. A s  time passes, the line of 
sight from the LST to the solar system object departs from the plane of the 
LST orbit, making an angle (phi) with the orbit plane. Phi varies in a 
complicated, oscillatory manner. This variation is due to two factors: (1 )  the 
motions of the earth and the solar system object, which cause the direction of 
the line of sight to change; and (2 )  the steady gyroscopic precession of the 
plane of the LST orbit due to the earth's oblateness. A s  phi departs from zero, 
the viewing time increases; a s  phi returns to zero, the viewing time returns 
to 53.2 min. This accounts for the oscillation of maximum viewing times 
with date, a s  shown in Figure B-7. 

The moon-angle constraint has a relatively trivial effect on the 
capability of the LST to view solar system objects, a s  shown in Figure B-7. 
The periodic deep and narrow chasms in the plot of viewing time available 
a re  due to the moon-angle constraint. 

2. Capability of the LST to View the Outer Planets. The definitions 
in topic 4 are  useful in making a compact presentation of the capability of the 
LST for viewing outer planets. Figure B-8 shows viewing opportunities and 
blind intervals for the six outer planets. The data have been continued only 
long enough to exhibit the almost-periodic variation of viewing capability with 
calendar date. 

B - 1.1 

d 



K 

8 
In 

0 !n 
P 

0 
L7 
N 

8 

5: 

8 

N 

c 

- 

h 
a, ct 
1 
a c, 

v 

k 
a, 
c, 1 
0 

B-12 

i 



...I 1 * .  m .  . .  

0 .  a-1". s .  0 
I., 

I 

u . .  ..... 

I . ... I 

(...I 9 .  n 
:...I . .  

:...: 

.=E.. 

0 *..I. 

L1.l. 
a .  * .  

.... 8. 

*'.=-. . .  

.. 
I 

W z 
E 
W z 

v) 
3 z 

3 
2 

z 
K 
3 

v) 
2 

I .l. 

'1. ..: 
e.. 

1 
K 
W 

0. 
t 
2 

m 
c, 
a, 
G a 
a 
k 
a, 
1 
0 
k 
0 w 
m 
a, 
x !z 
I 
k 
0 a 

4 

c, 

.r( 

4 

8 
F *s 
a, 
.rl 

3 

03 
I 

a, 
F9 

.rl 2 Y  
Fr 

B-13 

d 



The viewing opportunities of Figure B-8 a r e  centered about the 
dates on which the objects and the sun a r e  most nearly opposite when viewed 
from the earth. The blind intervals a r e  centered on the dates when the objects 
a r e  near the sun when viewed from the earth, and the 45-degree viewing con- 
straint applies. 

Figure B-8 suggests that the LST, on any day, may be used to 
view several outer planets. Figure B-9 shows the effect of calendar date on 
the number of planets accessible to viewing by the LST. 

3. Capability of the LST to View the Inner Planets. The orbit of 
Venus lies completely within the orbit of the earth, and the sun angle of Venus 
defined in Figure B-6 never exceeds 47.2 degrees. Since the sun-angle con- 
straint is 45 degrees, the viewing opportunities in Figure B-10 do not cover 
a s  many days a s  they do for an outer planet (Figure B-7, for example). The 
spacing of the viewing opportunities in a calendar time is also different. The 
first viewing opportunity occurs when Venus is near its greatest eastern 
elongation, defined in Figure B-11. Venus then moves between the earth and 
the sun, which causes the first blind interval. Venus then approaches its 
maximum western elongation, providing the next viewing opportunity. Follow- 
ing this geometry Venus passes behind the sun, and the second blind interval 
occurs. 

Eventually Venus returns to near maximum eastern elongation, 
another viewing opportunity results, and the cycle recurs. (If earth and 
Venus were in precisely circular, coplanar orbits, the sequence would be 
exactly periodic.) The passage of Venus from one maximum elongation to 
the next maximum elongation is greater for the westward trip than for the 
eastward; this accounts for the alternately shorter and longer blind intervals 
shown in Figure B-10. 

The orbit of Mercury is so close to the sun that the sun angle to 
Mercury is never greater than 27.8 degrees. Hence, the sun-angle observation 
constraint is always violated as  long a s  the LST is on the sunlit portion of its 
orbit. When the LST is in the sun-earth shadow, Mercury can be viewed 
using the earth as an "occulting disc." Figure B-12 shows typical viewing 
opportunities of this type, and Figure B-13 illustrates the geometry. The 
LST a t  Point A in Figure B-13 has just reached the point on the orbit a t  which 
the limb-of-the-earth constraint first permits viewing mercury. A t  Point B 
on the orbit, the LST has just emerged from the earth's shadow, and all 
observation ceases since the sun angle is less than the light shield cutoff 
angle, a s  shown in Figure B-13. In this case some sunlight will enter the 
the telescope tube, a s  indicated by the dotted line in Figure B-13. 
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EARTH 

TO MERCURY 

Figure B-13. Using the earth as an occulting disk. 
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Figure B-14 shows the viewing accessibility of the two inner 
planets. The limited viewing periods for both planets a r e  when the sun angle 
is less than 45 degrees and occur when the LST is in the earth shadow. 

4. Definition of Parameters Used in Analysis 

a. Viewing Constraints. The LST can view a solar system object 
when the line of sight from the LST to the objcet lies outside certain geometric 
or  LST system-imposed constraints. The constraints used in the analysis a re  
shown in Figure B-6. The three system-imposed constraints a re  angular 
viewing limitations near the sun, moon, and earth. 

b. Viewing Time. The definition of -Jiewing time is the number 
of minutes during which the LST can view the solar system object during one 
revolution of the LST in its orbit about the earth. Figure B-7 shows the 
viewing time available for the first 800 days of the time internal from 1980 to 
2000 for Neptune. For  example, Figure B-7 shows that the viewing time for 
Neptune is 53.2 min per LST orbital revolution on February 19, 1980 (59 days 
past start date). This viewing time would occur 14.9 times on that day, since 
the period of the LST orbit is 96.6 min. 

c. Viewing Opportunity. A viewing opportunity is a block of one 
or more consecutive days. The viewing time is greater than zero during each 
of these days. For  Neptune, Figure B-7 shows one complete viewing oppor- 
tunity and portions of two more. 

d. Blind Interval. A blind interval is a block of consecutive days 
where there is no viewing time in an LST orbit of revolution. Two blind 
intervals are  shown in Figure B-7. 

D. Solar System Flux and Measurement Capability 

1. Purpose. This section gives the flux as a function of wavelength 
from various solar system sources at the LST aperture and focal plane. These 
data a re  then compared with several typical instruments to determine the 
LST measurement capability. 

2. Flm at the LST Primary Focal Plane. Figure B-15 illustrates 
the steps in the analysis, starting with the flux at the aperture and leading 
to the primary focal plane. The LST receives flux from an object (sketch a) ,  
collects it with the effective aperture of the telescope (sketches b and c) , and 
focuses the energy at  the primary focal plane using the primary and secondary 
mirrors (sketches d and e). The flux available per unit area at the focal plane 
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is important for instrument considerations. The smallest unit area used was 
equal in size to an airy disk. Flux values could then be increased above this 
minimum size in multiples of airy disks up to the full object size. 

3. Total Flux at  the LST. The flux received at  the LST from planets 
and other similar targets is displayed in Figure B-16. This is a plot of 
incident flux per unit area per unit wavelength at  the LST aperture. The right- 
hand ordinate is the total flux per unit wavelength incident onto the effective 
LST aperture (left-hand ordinate multiplied by the effective aperture area). 
A t  the bottom of the figure a re  two reference curves of a 20th and 29th magni- 
tude s tar  calculated using the solar spectrum. The dashed lines in this and 
all subsequent figures indicate calculations, based or estimated, rather than 
observational data. The flux values assume that the objects a r e  a t  nearly 
maximum brightness a s  seen from the earth. 

In Figure B-16 two curves a re  shown for Mercury. One corre- 
sponds to the sunlit side, the other to the shaded side. 

The comet curve is for Comet Bennett (1969). It is a bright, 
long-period comet for which some spectral data exist. Its diameter was 
assumed to be 200 arc  sec. 

In the region from 0.2 to 2 pm, the data a re  mostly taken from 
NASA reports. Where these data were insufficient, the results from recent 
observations were used. 

In the infrared region, the observational data have been extended 
with calculated values assuming blackbody radiation based on either observed 
or calculated brightness temperatures. Notice that for Mercury, because of 
the low albedo, the peak intensity occurs not in the visible region but rather 
in the infrared region. In the ultraviolet region, the rapidly falling flux values 
are  caused by the decreasing solar radiation. 

Observational albedo data exist in the far ultraviolet down to 0.2 
pm for some objects. Below 0.2 pm, the spectral distribution has been 
estimated in one of two ways. For planets with atmospheres, a constant 
geometrical albedo is assumed equal to the albedo at the shortest wavelength. 
For example, from Orbiting Astronomical Observatory (OAO) observations 
the albedo of Venus has been determined down to about 0.2 pm to be about 0.07. 
This value then has been used here for all wavelengths shorter than 0.2 pm. 
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Figure B-16. Solar system object maximum total flux at the LST. 
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For planets without atmospheres, an albedo value is used based 
on an expression for the geometric albedo of Mercury. Planets without 
atmospheres, such as Mercury, have a low surface reflectance in the far 
ultraviolet. 
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The dashed line in Figure B-16, and subsequent figures (with the 
cross-hatching), labeled "upper limit of resonant flux," is an estimate of the 
maximum resonant flux for Venus. 

Many of the solar system objects not shown in Figure B-16 would 
have much lower intensity values than indicated here; e. g., small satellites, 
comets, and asteroids. 

4. Flux per Unit Solid Angle at  the LST Entrance. The data in 
Figure B-17 were developed by dividing the flux shown in Figure B-16 by the 
object's solid angle in square seconds of arc. The solid angle used corre- 
sponds to near-maximum brightness (size shown in Table B-1) The same 
objects a re  shown as  in Figure B-16, but the order of listing is now deter- 
mined by the flux radiating from a unit solid angle of the object rather than 
the total flux. It is the flux per unit solid angle that is significant when meas- 
uring local areas of extended objects. It should be noted that this flux is not 
particularly sensitive to the object-LST distance. 

5. Flux at  the LST Focal Plane. The flux at  the LST focal plane 
(Fig. B-15, sketches d and e) can be characterized either as the total flux 
or as  the flux per unit area. The unit area selected is the smallest element 
of area which the LST primary optics can recognize, an airy disk. Before 
the flux reaches the focal plane it must undergo reflections from the primary 
and secondary mirrors. Tge mirrors a re  taken to be coated with aluminum 
and overcoated with a 250-A thick magnesium fluoride, a s  might be typical 
for the LST. Mirrors with such a coating have the reflectance efficiency with 
wavelength shown in Figure B-18. 

To determine the total flu% at the focal plane, the reflectance data 
in Figure B-18 are  used along with the total flux collected by the LST effective 
aperture (Fig. B-16). Figure B-19 shows the total flux collected at  the LST 
primary focal plane. 

Note in Figure B-19 how rapidly the flux decreases with decreasing 
wavelength. This is mainly due to low solar intensity in this region and to the 
very low reflectance of the mirrors in this region. 

The area of the airy disk with wavelength was calculated and is 
shown in Figure B,20. This calculation assumed diffraction-limited optics 
beginning at 3000 A .  The number of airy disks in each object for a given 
wavelength was determined by dividing the airy disk area into the image area 
of the object. The number of airy disks so determined was then divided into 
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Figure B-17. Solar system object radiant flux per unit solid angle 
collected by the LST effective aperture. 

the total flux at the focal plane a s  given in Figure B-19. This calculation 
then gave the flux in an airy disk. This flux was further reduced to account 
for the fact that no more than about 80 percent of the energy is contained in 
the central disk of the diffraction pattern. Taking into account the foregoing 
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Figure B-18. Reflectance of LST mirror system. 

considerations, the flux per airy disk as  a function of wavelength was deter- 
mined and is shown in Figure B-21. In the infrared region, as the airy disk 
size increases with wavelength, it soon exceeds the size of many of the solar 
system objects. The wavelength when this occurs is indicated by a closed 
circle on the curves in Figure B-21. 

6. Comparison of Flux with Typical Instrument Performance. To 
evaluate the LST measurement capability, several typical instrument concepts 
with an estimated performance for each were identified. This instrument 
performance was then evaluated with respect to the flux levels at the LST f/12 
focal plane. Near-maximum optical performance at the LST focal plane was 
assumed to exist. By accepting lower optical performance, i t  may be possible 
to measure lower flux levels than the data show. However, the unique value 
of the LST would appear to become less if  it  is used in a less-than-optimum 
manner. 
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Figure B-20. LST airy disk size a t  primary focal plane. 

Three spectral regions were examined and the minimum flux level 
levels detectable were established. Factors taken into account in determining 
the limiting flux levels were: 

1. 
ment) 

2. 

3. 

4. 

5. 

6. 

7. 

Total flux at the f/12 focal plane (entrance to a typical instru- 

Flux in each airy disc at the f/12 focal plane. 

Instrument op tical efficiency . 
Sensor flux to electrical signal conversion efficiency. 

Nois e magnitude and characteristics . 
Instrument spectral bandwidth. 

Measurement exposure time or  sampling time. 
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8, Measurement e r ror  that can be tolerated. 

9. Available object viewing time. 

a. Measurement Capability for the 0.03 to 0.1 pm Range. By 
comparing the object flux with the most sensitive and generalized instrument 
concept for this spectral range, the total flux at the f / l2  focal plane is 
apparently needed for a meaningful measurement. This comparison is 
illustrated in Figure B-22. The instrument concept is an open-face pulse 
counting channel detector. The data indicated that solar system objects near 
the earth (out to Saturn) may be measurable with the LST in this wavelength 
region. 

b. Measurement Capability for the 0.1 to 10 pm Range. The 
intensity levels in this spectral region a re  sufficiently high to permit the 
realization of nearly-full LST optical performance. Therefore, the. analysis 
was made for a size equal to the airy disc area. Two types of measurements 
were used: imagery and spectrometry, Figures B-23 and B-24 illustrate 
the results. 

For the imagery ( Fig. B-23), the limit lines represent the 
minimum flux levels detectable assuming a near-diffraction-limited perform- 
ance for the LST. In the far ultraviolet region the flux for some objects is 
below the limit lines. These objects may be imaged by reducing the focal 
ratio which in effect increased the flux intensity incident onto a single sensor 
element. 

In the case of spectrometry, the limit lines occur at higher flux 
levels than for imagery. This is mainly because less flux is available for 
measurement since the energy is dispensed into spectral bands. Lower 
spectrometry limit levels may be obtained by reducing the spectral resolution 
and by increasing the intensity as above by using a lower focal ratio. 

C. Measurement Capability for the 1.0 to 100 pm Range. For 
this region, because of the available energy, the measurement analysis was 
made for a size equal to the airy disc area. Two basic types of detectors - 
uncooled thermal detectors such as pyroelectric o r  thermistor and cooled 
photon detectors having greater sensitivity - were examined. For this 
analysis, a pyroelectric detector was used to illustrate the LST capability. It 
is a device that requires a minimum of system complexity and resources. 
Figure B-25 illustrates the LST capability using this detector. 

Also shown in Figure B-25 is a curve of the flux at the f/12 focal 
plane produced by the thermal emission from the primary and secondary 
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mirrors at 70" F. This thermal emission plus other instrument fluxes are 
a part of the total flux that the detector measures. These nonobject flux values 
can be separated by an onboard calibration using black space. This is ac- 
complished by occasionally looking aw.ay from the object and toward space. 
The black space flux value (which consists almost entirely of the nonobject 
flux) can then be subtracted from the total value obtained when viewing the 
object to determine the true object flux. 

The data in Figure B-25 indicate that for this spectral range it 
is possible to use the LST, which is relatively warm (9 '0" F) , for observing 
most of the solar system objects at near the diffraction-limited performance. 

d. Evaluation of LST Measurement Capability. On reviewing the 
comparison between the flux data and the instrument performance, it is quite 
evident that the LST has significant measurement capability for solar system 
objects over a large spectral range. This is illustrated and summarized by 
Figure B-26. The capability of measuring the flux from solar system objects 
beyond 0.1 pm down to about 0.03 pm (extreme ultraviolet) and beyond 1.0 
pm up to about 100 pm (into the far infrared) appears to require little if any 
additional system complexity and is therefore a significant bonus. 

E. Conclusions and Recommendations 

An area that may impose special requirements on the LST equipment 
is the line-of-sight (LOS) tracking. Maximum observation times for the 
planets can require angular travel as  large as 220 arc  sec and rates as high as 
64 arc sec per min. The highest values identified were 1310 a rc  sec travel 
and 73 arc  sec per min for comets and asteroids. It was concluded from an 
evaluation of the LST Phase A configuration that it does not have a capability 
for tracking a moving object. The positional reference system (off-set 
tracker) in this case appears to be designed for relatively stationary stellar 
objects and has a very limited range of travel. However, from the results 
of this study i t  was determined that an LST positional reference system having 
the rather large range of travel required for solar system observations might 
be developed within reasonable resources. Such a positional reference system 
would also accomplish the requirements for stationary objects. 

Minimum flux values needed for adequate signal strength using typical 
measurement techniques were developed for the 0.03 to 0.12, 0.12 to 1.0, 
and 1.0 to 100 pm ranges. These values were then compared with the available 
flux from the solar system objects at the LST primary focal plane. This com- 
parison indicates that the LST has a significant measurement capability across 
most of the spectral range studied. 
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All the object's flux is needed to make a single measurement in the 
0.03 to 0.12 pm region. This is because of the low solar flux in this spectral 
region and, also, the reflectance of LST optical mirrors is low in this 
spectral region. However, because of the large LST mirror sizes and high 
instrument sensitivity, fluxes from several near planets may be detectable. 

In the 0.12 to 1.0 pm region, adequate flux exists to make imagery 
and spectrometry measurements near the LST diffraction limit, except in the 
far ultraviolet region. However, this region may be measured at lower 
resolution in order to obtain sufficient measurable flux. 

By using the extremely accurate control system, most solar system 
objects can be measured in the 1 to 100 pm region at near full optical resolu- 
tion using uncooled detectors. By using this control system and raster scan- 
ning the object, a diffraction-limited IR image may be obtained with a relatively 
simple single uncooled detector. 

Generally, the viewing capability calculations indicated that the LST 
can see all solar system objects for about 13 hours per day in 55 min 
increments, except for objects near the sun. Also, the data indicated that 
short-duration observation near the sun for such objects as Mercury, comets, 
and asteroids may be made by observing from the dark side of the earth to 
avoid sunlight entering the telescope during observations. 

The following recommendations a re  given: 

1. An LST system fully capable of making solar system observations 
should be included in the System Definition (Phase B) program activities. The 
results of this study indicate that a significant solar system observational 
capability may be obtained for little additional resources. 

2. A tracking system capable of tracking objects at rates up to 73 arc 
sec per min having a travel capability of at least 220 arc  sec during a single 
tracking period should be considered in the Phase B studies. Also, maximum 
LST slewing requirements should be based on slewing rates needed at the end 
of an observational period of viewing for objects near the sun. 

3. The sun (45 degrees) and earth ( 15 degrees) viewing angle 
constraints should be reviewed for possible reduction in magnitude which 
would allow increased LST solar system object viewing, particularly near 
the sun. 

4. A science instrumentation system study should be made to 
determine desirable instrumentation mixes ( stellar and solar system) to 
provide effective LST system usage. 
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APPENDIX C 

LST CONFIGURATION CONCEPT COMPARISONS 

A comparison of several different concepts of the LST was made. Data 
from other sources was utilized, including the Goddard Space Flight Center 
( GSFC) LST Preliminary Analysis and Design Report ( Revision A) dated 
December 1971. The concepts which were compared are shown in Figure C-i . 
The Three broad categories into which the concepts were divided were ( I) on- 
orbit pressurized maintenance, ( 2) on-orbit unpressurized maintenance, and 
( 3) earth return maintenance. All  concepts except the "unpressurized concept 
with large external packages" which uses heat pipes are based on passive 
thermal control of the SIP and SSM systems. 

The on-orbit pressurized maintenance concept is defined in considerable 
detail throughout this report. The earth return concept utilized for comparison 
did not differ significantly from the pressurized concept, either in systems 
design or overall configuration. Sketches of the on-orbit unpressurized main- 
tenance concept with small internal packages a re  shown in Figures C-2 and 
C-3. Here, the basic SSM structure is a shell with cutouts for access to the 
instruments and systems , with the structure strengthened around the cutouts. 
Non-load-bearing hinged doors a re  provided over the instrument cutouts for 
environmental protection during the mission. Each instrument is replaceable 
individually, and packaging freedom and growth potential for the instruments 
are maximized by minimizing the size of the structural packages which must 
be removable as part of the instrument. The instruments are all removed 
radially, thus eliminating problems of axial removal. Figures C-4 and 6-5 
provide a concept of a manipulator end effector which could be used with such 
packages. 

The SSM systems are packaged as individual components or in small 
groups of components, are mounted on the outer wall, and are removed 
radially by direct extraction. Environmental protection is provided on the 
removable plate to which the components are attached. The interior is largely 
open for packaging and growth optimization and for optimization of thermal 
control passive radiation. End-effectors to be used with the Shuttle manipulator 
for this concept should be fairly simple and straightforward. Guide rails and 
pins must be provided as well as small drogue-probe or other guide-in-and- 
capture mechanisms for each removable element. This is true for all LST 
concepts utilizing manipulators. Lights and TV cameras will be necessary on 
the manipulator boom, and it is assumed that these are standard on the Shuttle 
manipulator. 
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The on-orbit unpressurized concept with large external packages which 
was utilized in the comparison is shown in Figures C-6 and C-7. There are 
four instrument packages which are removed radially and one which is removed 
axially. Four large systems packages are mounted around the sides and are 
removed radially. Each of the systems and instrument packages is an enclosed 
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SIDE VIEW 

PINCH MOTION 

CLAMP MOTION 

Figure C-4. Concept of manipulator grasping movements. 

c-5 
d 



OUTER WALL OF 
INSTRUMENT MODULE OR 
INSTRUMENT ATTACH POINT 

MANIPUIJATOR 
HAND 
(CLAMP MOTION) 

Figure C-5. Manipulator grasp of replaceable instrument 
or support system module package. 

box with its own thermal control and mounting structure. The primary load- 
carrying structure is separate from these boxes and must be rigid enough to 
carry their loads and to prevent external loads from being introduced into 
them. Heat pipes are utilized for thermal control of this concept. 

These boxes are large and it is anticipated that the type of end-effector 
which may be utilized with the Shuttle manipulator may not be adequate to 
perform removal and replacement of such boxes because of dynamics con- 
siderations, the fairly intricate movements required, etc, Instead, a larger, 
more complex device is assumed to be required; it would be designed to deploy 
itself and conduct removal and replacement of the packages "automatically. )' 
Guide rails, lights, cameras, etc., would be provided as part of such a device. 
Other concepts of such a device have been generated in the past  and have been 
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termed ffautomated carousels, "end-effector assemblies, f f  etc. The term 
%pecial purpose equipment handler SPEH) 1 1  is utilized herein to denote such 
a device. For this particular LST concept, it is anticipated that two such 
devices would be required to effect the required maintenance - one for the 
radial packages and one for the on-axis package. A concept of one for the 
radial packages is shown in Figure C-7. 

The on-orbit unpressurized maintenance concept with small external 
packages is a hybrid between the two other unpressurized concepts previously 
described, having some of the advantages and disadvantages of each. It was 
included primarily to complete the spectrum, and its exact configuration could 
be anywhere between the two extremes defined by the other two ffboundingft 
concepts. 

The aft end replacement concept consists of all the equipment aft of the 
main ring. Although massive, it requires essentially only one operation to 
effect the maintenance and, hence , it appears probable that maintenance 
utilizing this concept could be accomplished with the Shuttle manipulator and a 
fairly simple end effector. If the dynamics problem proved to be too great 
for such an operation, possibly an extra-stiff manipulator can be utilized, 
since intricate maneuvers are not required. At  first glance, this concept 
may be thought to be extravagant in quantity of spares required. However, 
upon comparing it to the "large external packageff concept, it can be seen that 
the quantity of spares required for that one is essentially the same as this one, 
with exception of the solar arrays (assuming a separate system in each 
package, and at least one life-limited component per system) for a scheduled 
maintenance visit which replaces all life-limited equipment and all instruments 
In addition, the two SPEHs are not required, and maintenance consists of one 
operation rather than having to replace each package separately. 

No significant difference in systems configuration or design was found 
between tne on-orbit pressurized and the earth return concepts. The SSM 
pressure shell is sized by launch loads and not pressure requirements - 
hence, it would not change in the earth return configuration'. The pressure 
bulkheads could be lightened by only 153 kg (338 lb) in the earth return 
configuration. ( The forward one still must remain stiff enough to contribute 
shear stiffness to the entire LST and react against the figure adjustment 
jacks. ) In addition, the contamination control and habitability items listed 
on the Master Equipment List (see Chapter IV  of this volume) could be 
deleted. It was felt that these were fairly minor changes and did not 
constitute a significant difference in configuration. 
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The unpressurized on-orbit maintenance concepts provide a spectrum 
from multiple small systems packages replacement and individual instrument 
replacement to total aft end ( SSM and SIP) replacement. 

Table C- i  provides a comparison of the concepts, with the significant 
strong and weak points of each concept designated. On the basis of this concept 
comparison and the mission-sharing and maintenance studies documented in 
Chapter IV, the on-orbit pressurized concept was selected as a reference 
concept to study in more depth during Phase A.  

It is significant to note that some of the key differences between the on- 
orbit pressurized concept of the LST and the Apollo o r  Skylab could make the 
LST significantly less expensive than those programs (see Chapter IV) . 
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