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FOREWORD

This volume is one of a 6-volume final report of the Study of a Single-stage Earth-
orbital Reusable Vehicle (SERV). The study was conducted by the Chrysler Corpora-
tion Space Division (CCSD) for the National Aeronautics and Space Administration,
George C. Marshall Space Flight Center under Contract NAS8-26341. The purpose

of the study was to evaluate the potential of SERV as the boost element of a candidate
space transportation system. To establish the SERV potential, five key technical

areas affecting concept feasibility were identified for examination: engine performance,
aerodynamic characteristics, thermal protection, subsystem weights, and the landing
method. The results of these analyses are published in a final report consisting of the
following six volumes: ‘

Volume 1 Summary

Volume 2 Aerodynamic Model Testing
Volume 3 Concept Evaluation

Volume 4 Vehicle Definition

Volume 5 Operations Definition
Volume 6 Resources

Chrysler gratefully acknowledges the cooperation and support of North American Rock-
well Corporation, Rocketdyne Division, who under subcontract assisted in the model
test, and analyzed the test results of the uniquely integrated SERV engine-to-structure
concept. Rocketdyne also generated parametric engine data and designed the SERV
aerospike engine. Chrysler also acknowledges the support and technical assistance
received from Detroit Diesel Allison Division of General Motors Corporation who pro-
vided parametric engine data for advanced technology direct lift gas turbine engines and
the AVCO Systems Division who provided design and cost data for thermal protection
systems. In addition, acknowledgement is made to the following NASA and DOD agencies
for their cooperation during wind tunnel testing: NASA-Ames, NASA-LaRC, NASA-MSFC,
and AF-AEDC.

The study was managed and supervised by:

Charles E. Tharratt Study Manager
William R. Baldwin Principal Systems Analyst
John H. Wood Principal Performance Analyst

Arthur P. Raymond, III Principal Program Analyst

of the Chrysler Corporation Space Division, supported by Robert E. Schnurstein of the
North American Rockwell Corporation, Rocketdyne Division. The study was conducted
under the direction of Robert J. Davies, NASA study manager.
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Section 1
INTRODUCTION

1.0 GENERAL

The potential advantage of the SERV concept could become reality if the feasibility of
the concept can be established. Previous Chrysler in-house studies indicated the
concept was feasible within the limitations of available data; however, it was re-
cognized that certain technical aspects for determining feasibility required inputs of
higher quality data than those available before the concept can progress to a preliminary
definition phase. It was planned to obtain the improved data during the course of this
study contract.

11 STUDY OBJECTIVE AND EXPECTED RESULTS

The study objective was to further assess the feasibility of the SERV concept by
selecting an appropriate configuration, determining the feasibility of the large diameter
aerospike engine to meet the SERV requirements, and performing a more definitive
design and weight analysis to support the necessary single-stage mass fraction require-
ments.

Study effort was divided into seven tasks, the output of which form the expected results.
A brief synopsis of these expected results is as follows:

1) The development of the vehicle configuration to be used as the initial or
preliminary baseline for the study, including a detailed comparison with
previous single-stage-to-orbit vehicles.

2) Determination of base flow characteristics, and the determination of ascent
and reentry static stability and drag characteristics for the baseline

vehicle.

3) Substantiation of baseline concept, including the aerospike engine,
through trade studies and parametric vehicle sizing analysis.

4) A point design of a selected configuration and its aerospike engine,
including concept sensitivities.

5) Minimum definition of operations, project plans, schedules and costs.
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1.1.1 PRINCIPAL GROUND RULES
The NASA-approved ground rules were patterned alter those of the other shuttle studies

wherever possible to ensure the best possible comparison.

Certain revisions requested by NASA were impacted during the latter portion of the
study, and these will be discussed later. The principal ground rules were as follows:

1) Fully reusable single—stage—to—orbitw vehicle, spacecraft study
excluded;

2) vertical take-off and landing;

3) retference mission is logistics resupply of space station;

4) design reference orbit is 270-nm circular by 55-deg inclination
from 28.5 degrees north latitude;

5) 25,000 lb of gross cargo to 55-deg 270-nm orbit and return;

6) maximum payload capability to polar orbit and low inclination
orbit to be identified;

7) cargo hold sized for a minimum clear volume of 15-ft dia x 60-ft long;
8) Dbaseline ascent main propulsion is an integral aerospike rocket engine;
9) Dbaseline landing propulsion is an array of jet engines using JP-4 fuel;

10) intact abort capability to be provided;

11) peak acceleration and deceleration not to exceed 3g;

12) return to preselected site minimum of once every 24 hours;

13) vehicle life of 10 years and 100 missions.

1.1.2 STUDY SCHEDULE

A summary of the study schedule identifying the critical path is presented in figure
1.1-1.

1.2 BASELINE DEVELOPMENT

Because SERV has unorthodox features, NASA directed that Task 1 of this study be
mainly devoted to researching past single-stage-to-orbit (SSTO) studies to ensure

that accumulated experience and desirable system characteristics identified in those
studies were incorporated in the development of a baseline vehicle., This baseline
SERV was to form the starting point of all further study effort. Nine SSTO vehicles,
including SERV, were examined (see figure 1.2-1.,) They varied from SASSTO to
NEXUS; a range in gross liftoff weight of approximately 220 thousand to 24 million
pounds. The diverse nature of the nine configurations ranged from the non-recoverable
MLLV (most efficient SSTO due to its low drag ascent profile) through several partially
recoverable concepts that are not appropriate for current NASA requirements, to
several vehicles that could be considered or adapted to be fully reusable.
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1.2.1 PRIMARY CONSIDERATIONS

FFrom thesc investigations, it was established that the most important considerations
in vehicle subsystem characteristic selection were the study ground rules, ascent
propulsion, reentry and landing mode, external shape and internal arrangement. Of
these considerations, study ground rules were the most influential. The SERV study
ground rule of 3g maximum deceleration during reentry greatly influenced, or
essentially dictated, the external configuration. The characteristics of SERV were
recognized as a compromise between ascent and reentry performance; the former,
requiring a slim, low drag, ascent profile; the latter a low weight, large frontal
area, high drag profile of low reentry ballistic factor (W/CDA).

The internal arrangement was demonstrated to be greatly influenced by the need to
package the ascent and landing propulsion and propellant tanks within the mission-
dictated external shape in as small a volume as possible.

The trade study baseline was not changed as a result of these investigations.

1.2.2 TRADE STUDY BASELINE

The baseline vehicle for trade study consideration and aerodynamic model tests is
presented in figure 1.2-2, Key features are identified and changes are summarized
under trade study results. The baseline vehicle with alternate payload shapes is
shown in figure 1.2-3.

The baseline vehicle has a liftoff weight of 4.5 million pounds, a liftoff thrust of 5.4
million pounds, and boosts 88,060 pounds to the baseline mission parking orbit of

100 nautical miles at 55 degrees inclination. Vehicle diameter is 90 ft and the cargo
hold dimensions are 23 feet in diameter by 60 feet in length. The 12-module LO /LH2
integral aerospike engine is 88.7 feet in diameter by 8.2 feet in length and has a'sea-
level and vacuum specific impulse of 346.7 seconds and 469.5 seconds, respectively.
An installation of 28, JP-4 fueled turbojet lift engines provides deceleration and landing
propulsion, '

1.2.3 SERV OPERATION

The baseline SERV is propelled to earth orbit by the thrust of an integral aerospike
rocket engine. In operation (figure 1.2-4), the SERV with a spacecraft and a cargo
module as its payload takes off vertically from the Kennedy Space Center (KSC) and
goes to @ 100 nm orbit in the plane of a space station. The spacecraft then extracts
the cargo module from SERV and transfers the cargo to the space station in higher
orbit. Following a transfer of cargo to and from the space station, the spacecraft
returns with the cargo module and docks to SERV in lower orbit. If an optional
winged spacecraft is used, the spacecraft disengages after docking the cargo module
and returns to earth using swing wings in the lower atmosphere. Due to a relatively
high hypersonic L/D, it has a cross range capability of 1800 nm.

SERV remains in low earth orbit until required to reenter and return to KSC. To
accomplish this reentry, SERV reorients itself to the familiar Apollo command

1-4
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Figure 1.2-4. SERYV Operation

module reentry attitude and reenters the atmosphere semiballistically. With SERV,
however, the target landing point is on land instead of water, and more specifically,
within operational distance of the Vertical Assembly Building (VAB) at KSC. Using
current Apollo reentry navigation and guidance technology, SERV will be within 4 miles
of the landing pad when it is at 25,000 ft. Prior to this point, SERV will be tracked by
radar and a ground based command transmitter will be transmitting landing site coordi-
nate data. At 25,000 ft altitude, air intakes and doors for exhaust efflux open and igni-
tion of four quadrants of direct lift gas turbine engines occurs.

The landing phase begins at approximately 15,000 ft with the gas turbine thrust
being used to horizontally translate and decelerate the vehicle to a hover above
the landing pad. The landing gear is deployed and a controlled descent to the land-
ing pad is initiated. The final descent and touchdown is similiar in operation to

that of a helicopter.

1.3 TRADE STUDY RESULTS

Trade study results were described in detail in the November 30th Status Review and
the February 10th Mid-term Review; only a brief summary is presented here.
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1.3.1 KEY FEASIBILITY ISSUES

The potential of SERV depends chiefly on the satisfactory solution of six key issues
affecting concept feasibility. These issues are arranged in figure 1.3-1 with respect
to their affect on the ascent and descent SERV configurations. Engine performance,
aerodynamic drag, and subsystem weights have a decisive collective influence on
vehicle ascent performance; i.e., the ability to meet mission objectives. The method
and type of thermal protection during the reentry environment, descent aerodynamic
characteristics and landing method, determine the attractiveness of SERV as a
recoverable and reusable space shuttle. These subjects were investigated during

the trade study period, with incorporation of results from supporting aerodynamic
model tests.

ASCENT CONFIGURATION

o PERFORMANCE e DRAG o WEIGHTS
o STABILITY
‘S C
D
ALTITUDE M

DESCENT CONFIGURATION

® THERMAL PROTECTION o DRAG o LANDING
e STABILITY
[ — e L/D

\l M

0
ULUO

TIME

Figure 1.3-1. Key Feasibility Issues

1.3.2 CONCEPT EVALUATION AREAS

Subsystem trade analyses were performed in seven areas, as indicated in figure
1.3-2: ascent configuration, structural and vehicle arrangement, descent configura-
tion, avionics, auxiliary propulsion, ascent propulsion, and landing propulsion. The
results of these analyses were reflected as changes to the vehicle dry weight and
performance.
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ASCENT CONFIGURATION

STRUCTURAL AND YEHICLE ARRANGEMENT

DESCENT CONFIGURATION / S—=7_

ALTERNATE PAYLOAD SHAPES
AEROSPIKE DOOR SHAPE AND OPERATION
THERMAL PROTECTION

VEHICLE SIZING

PRIMARY STRUCTURE ALTERNATIVES
STRUCTURAL MATERIAL ALTERNATIVES
AEROSPIKE AND TURBOJET INSTALLATION
HIGH-PRESSURE BELL ENGINE INSTALLATION
PROPELLANT TANK INSULATION

THERMAL PROTECTION.DOOR INSTALLATION
LANDING GEAR INSTALLATION

BASE HEAT SHIELD INSTALLATION

VEHICLE SIZJNG

L D AND W/CpA CONFIGURATION ALTERNATIVES

INSULATION MATERIALS

HEAT SHIELD DESIGN ALTERNATIVES

HEAT SHIELD DOOR SEALS AND OPERATION
AEROSPIKE PROTECTION DOOR ALTERNATIVES
LANDING GEAR ALTERNATIVES

VEHICLE SIZING

AYIONICS

® GN&C

® POWER

® COMMUNSCATIONS

AUXILIARY PROPULSION

® PITCH-YAW CONTROL ALTERNATIVES
® ROLL CONTROL ALTERNATIVES
® DEORBIT ALTERNATIVES

ASCENT PROPULSION

® ENGINE COMPARTMENT ARRANGEMENT

©® AEROSPIKE INTERNAL ARRANGEMENT

® AEROSPIKE DUAL COMBUSTOR ALTERNATIVE
® PROPELLANT TANKAGE ARRANGEMENT

® HIGH-PRESSURE BELL ENGINE ALTERNATIVE

LANDING PROPULSION

® TURBOJETS VERSUS TURBOFANS

® LANDING ROCKET VERSUS TURBOJET

® AEROSPIKE RESTART VERSUS TURBOJET
® JP-4 VERSUS HYDROGEN FUEL

@ JET INLET AND OUTLET GEOMETRIES

Figure 1.3-2. Concept Evaluation Areas
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Section 2

FINAL CONFIGURATION DEFINITION

2.0 GENERAL

In this section the SERV configuration evaluation, sizing criteria and final definition
are discussed.

2.1 SERV CONFIGURATION EVOLUTION

Figure 2.1-1 traces the evolution of SERV during the study. The trade studies com-
menced with a baseline SERV of 90-ft. diameter and a 4.5 million pound GLOW. In-
corporation of results obtained from wind tunnel tests to establish the aerodynamic
characteristics and to determine the aerospike engine performance, plus more defin-
itive evaluation of structural, mechanical and propulsion subsystem requirements
initiated a resizing of the vehicle. During this activity, it was decided to size a SERV
capable of transporting a MURP spacecraft plus propulsion adapter and cargo to orbit
and returning a personnel module ( PM) plus propulsion adapter and cargo to earth.
The weights of these ascent and reentry payloads have a significant influence on vehic-
le size. Thus the 88-ft. diameter hybrid SERV evolved with a GLOW of 4.733 million
pounds.

The 88-ft, diameter hybrid SERV, shown in figure 2.1-1, was used as a baseline for
point design analyses. During these analyses the LHo propellant tank bulkhead was
raised to provide additional space for tank sumps, additional thermal protection was
incorporated to reduce the effect of thermal gradients across the primary structural
shell, the propulsion subsystem weights were revised, and the results of a detailed
stress analysis were incorporated. A final sizing of the vehicle was initiated to in-
corporate these changes. At the same time final aerospike engine performance data
were used and the propellant tanks were increased in size to accommodate a minimum
CEI performance of the aerospike engine. The output of this final sizing was a revised
baseline 96 ft. in diameter and 6.054 million pound GLOW.

2.1.1 PAYLOAD CRITERIA FOR SIZING HYBRID CONFIGURATIONS
Basic dimensions and summary weight breakdowns are given in figure 2.1-2 for the
two spacecraft under consideration. These two spacecraft were specified for study

to evaluate the effect of long and short cross-range reentry vehicles aboard SERV.

Note that the hybrid SERV configurations are sized by the MURP mission payload
during ascent and PM mission payload for landing.
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VEHICLE DEFINITION
HYBRID BASELINE
(SERV-PM CONFIGURATION)

88D x 74H

TRADE STUDY
BASELINE
(SERV-MURP)

|<— 90 FT DIA.——l

RECOMMENDED HYBRID
CONFIGURATION FROM
FINAL SIZING

MURP SPACECRAFT (LB)
REENTRY VEHICLE
PROPULSION ADAPTER
ABORT SUBSYSTEM
CONTINGENCY (10%)

*EXPEND ABLES

MANBUVERING PROPELLANTS

GROSS CARGO WEIGHT

TOTAL PAYLOAD (LB)

VEHICLE DEFINITION
HYBRID BASELINE
(SERV-MURP CONFIGURATION)

88D x 74H

SERV Configuration Evolution

LANDING

. [
18 FT>|
| 78 FT

50,525 PM SPACECRAFT (LB) 21,758
29,800 - PERSONNEL COMPARTMENT 7,912 :
© 7,700 PROPULSION COMPARTMENT 7,668
6,300 ) ABORT SUBSYSTEM 4,200
4,385 CONTINGENCY (10%) 1,978
2,340 EXPENDABLE (332 LB) EXPENDED .
10,775 MANEUVERING PROPELLANTS EXPENDED
25,000 GROSS CARGO WEIGHT 25,000
86,300 TOTAL PAYLOAD (LB) 46,758

Figure 2.1-2, Payload Criteria for Sizing Hybrid Configurations
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2.2 MISSION PROFILES

Figure 2.2-1 shows schematically the mission profiles for the two spacecraft concepts
being examined. The profiles apply to the 55-degree inclination, space station cargo
delivery, reference mission. For both spacecraft profiles the injection altitude is

50 nm.

For the SERV-PM, both the SERV and spacecraft go into a high altitude (260 nm)
phasing orbit. Terminal rendezvous and docking of the personnel module and cargo
are accomplished using a propulsion system in the personnel module. Upon mission
completion, the personnel module, with its return cargo, rejoins SERV. The SERYV,
plus cargo and spacecraft, reenters and lands as a unit. Alternate mission profiles
for SERV-PM that yield higher cargo transfer will be discussed later.

In the SERV-MURP profile, SERV with its payload establishes a circular orbit at a
low altitude (110 nm). The MURP, plus cargo, proceeds to the space station while
SERV remains in the lower orbit. At mission completion MURP rejoins SERV and
transfers the return cargo. MURP then separates, reenters, and lands, while SERYV,
plus cargo, reenters and also lands.

These mission profiles are not exclusively used by the PM or MURP because alternate
modes exist. For instance the SERV-PM profile could be used by SERV-MURP under
emergency rescue conditions when additional ascent propellants would be substituted
for cargo.

2.3 FINAL VEHICLE SELECTION

Analysis of the alternative configurations for SERV led to the conclusion that the MURP
configuration was capable of performing the PM mission except for the return payload
requirement imposed by having the PM return on SERV together with the cargo. A
composite vehicle was therefore sized with the MURP ascent capability coupled with
the PM return requirements. (See figure 2.3-1.) The composite vehicle delivers

the required 25, 000 lb payload to the Space Station for a MURP mission and can deliver
25,000 1b or 53,200 pounds depending upon the ascent profile for the PM mission.

Key features of the main propulsion subsystem are shown in table 2.3-1,

SERYV incorporates an integral aerospike engine comprising 12 interconnected modules
for ascent propulsion. A one-turbopump-out capability is provided.

The landing propulsion is provided by turbojet lift engines which operate at a thrust
efficiency of 80 percent. A one-engine-out capability is provided.

Major dimensions and key configuration features for the final configuration are shown
in figure 2.3-2., The standard vehicle has a PM spacecraft that returns to earth on
SERV. The alternate MURP spacecraft is also shown. SERV is designed for fully
automatic unmanned operations. For this mode of operation a nose cone of the PM
external configuration would be installed in lieu of the spacecraft.
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ALTITUDE (N MI)

300

200

100

SERV-PM

@ SPACE STATION ORBIT
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AN

—

TIME FROM LAUNCH

1. LAUNCH FROM KSC INTO PERIGEE OF
TRANSFER ELLIPSE

2. CIRCULARIZE AT PARKING ORBIT ALTITUDE

3. SEPARATE AND TRANSFER TO 110x260
PHASING ORBIT

4. RENDEZVOUS AND DOCK WITH SPACE STATION
AT 270 N Ml ORBIT

ALTITUDE (N MD)

300

200

100

5.
6.
7.
8.
9.
10.

SERV-MURP

SPACE STATION ORBIT

® \®

nowvm (5)

TIME FROM LAUNCH

MAINTAIN PARKING ORBIT ALTITUDE
SEPARATE, CHANGE PLANE AND TRANSFER TO
PHASING ORBIT

RENDEZVOUS AND DOCK WITH SERV

TRANSFER CARGO AND SEPARATE FROM SERV
DEORBIT AND REENTER (MURP)

DEORBIT AND REENTER (SERV OR SERV-PM)

Figure 2.2-1. Mission Profiles



Differential corner radii have been incorporated in the aerospike protection doors on
the vehicle maximum diameter. This feature, when combined with a horizontal cg
offset, ensures that the desired trim angle of attack and lift to drag ( L/D) ratio can

be achieved during reentry.

ITEM SPACECRAFT/PROFILE DESCRIPTION
PM (260 x 55) MURP (110 x 55) I D

PAYLOAD WEIGHT (LB) ) 50,900 88,900 /

CARGO WEIGHT TQ 270 x 55 (LB) 25,000 27,300 137 \

LIFTOFF THRUST (LB) 7,454,000 7,454,000

GLOW (LB) 6,046,000 6,049,000

VEHICLE DRY WEIGHT (LB) 494,249 J

e PRIMARY STRUCTURE 200,018 s

e AEROSPIKE ENGINE 110,804

e TURBOJET ENGINES 48,845

e THERMAL PROTECTION 24,695

e ALL OTHER SUBSYSTEMS 64,955

o CONTINGENCY (10%) 44,932

Figure 2.3-1. Final Vehicle Selection
Table 2.3-1, Main Propulsion Subsystems
ASCENT : LANDING

GENERAL: . GENERAL:
e 12-MODULE AEROSPIKE ENGINE e TURBOJET LIFT ENGINES
e LOX/LH AT é: 1 MIXTURE RATIO e JP-4 FUEL
e 2000 PSI CHAMBER PRESSURE e F/WRANGE OF |7 TO 20
° TURBOPUMP OUT CAPABILITY e ENGINE OUT CAPABILITY
F|NAL CONFIGURATION:: FINAL CONFIGURATION:
e THRUST OF 7.45M LB SL, 9.72M LB VAC e 40 ENGINES
e g OF 348 SEC SL, 467 SEC VAC e 20,759 THRUST EACH
o NOZZLE EXPANSION RATIO OF 409 e F/WOF 17
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Section 3

FLIGHT TECHNOLOGY ANALYSES

3.0 GENERAL

The results ol flight technology analyses are presented in this section. Vehicle

flight performance is presented and hazard and abort implications are discussed.

The results of cold flow testing of a model SERV are used to examine feasibility and
develop aerospike engine performance. The results of wind tunnel tests of ascent

and reentry SERV configurations are used to establish the aerodynamic characteristics.
Thermal protection requirements are discussed, and the ascent, reentry, and landing
control characteristics are outlined.

31 VEHICLE FLIGHT PERFORMANCE

The general scope of work for the mission and performance analyses subtask during
the vehicle definition phase of the study is outlined in this section. Mission profiles,
hazards and abort, final performance, and fixed hardware sensitivities are discussed.

3.1.1 MISSION PROFILES AND TIME LINES

SERV as currently defined is capable of operating in two basic modes (figure 3.1-1).
In Mode A, following injection into an elliptical orbit using the mainstage propulsion
system, required post-injection maneuvers are accomplished using the SERV auxiliary
system only, with the payload (spacecraft plus cargo) as a passive unit. In Mode B,

both the SERV auxiliary system and the propulsive capability of the spacecraft are
used for on-orbit maneuvering.

The mission profiles for the space station cargo delivery mission using these two

modes are illustrated schematically in figure 3.1-1. The required post-injection

maneuvers associated with each profile and the mission time lines associated with
each mode are indicated in figure 3.1-1,

3.1.1.1 Mode A Mission Phasing Requirements

The central angle of the space station shown on figure 3. 1-2 is defined as the angle
formed by a line within the plane of the space station orbit from the center of the
earth to the ascending mode and a line from the center of the earth to the space
station. This angle is measured when the plane of the space station orbit contains
the launch site. The total minimum time from launch through landing is presented
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Figure 3.1-1. Mission Profiles and Time Lines
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for SERV only, Mode A operation, as a function of space station central angle orien-
tation, on figure 3.1-2. The combination of launch and landing direction yiclding
the minimum total time for a particular space station central angle region are shown.
The total times arc made up of four categories relating to the specific operational
phases of ascent, orbital stay time available prior to descent phasing initiation,
descent and reentry. The times attributable to each phase are identified by dif-
ferent shading patterns. For a specific space station central angle, the stay

time shown indicates the time measured from rendezvous when phasing must be
initiated. If the required stay time at the orbit for a particular mission exceeds

the time shown on this chart, approximately 24 hours or 15 orbits of the space
station must pass before an opportunity to return recurs. The mission times

that result from this operational mode range from 14. 9 to 47. 4 hours throughout

the space station central angle range. For this profile it would be desirable to
orient the space station within the 14. 9 hour mission time range to allow minimum
reaction time under emergency conditions. The time required in parking orbit

for ascent phasing never exceeds 15. 3 hours throughout the central angle range.
This number is of interest in evaluating the velocity requirements for parking or-
bit maintenance in the total velocity budget.

3.1.1.2 Mode B Mission Phasing Requirements

For operational Mode B, where SERV remains in the 110 nautical mile parking orbit
while the spacecraft proceeds to the space station, the positional orientation in terms
of latitude, longitude for deorbit, is independent of the space station central angle

at launch. It depends rather on the ascent to orbit characteristics of SERV. It was
found that the orbit trace of the selected parking orbit passed through the desired
deorbit position once every 16 revolutions of the parking orbit without phasing adjust-
ments. The critical timing associated with this operational mode was related to
achieving the rendezvous of the spacecraft with SERV for return. Regardless of the
ascent phasing time required for the original rendezvous with the space station, the
first opportunity for return to the SERV required a stay time at the station of 22.1
hours after arrival. The total mission time as a function of space station central
angle at launch for this mode is presented on figure 3.1-3 for a north launch. A
total mission time of 47.4 hours is required for all space station central angles
except those from 33 through 41 degrees. For this region, ascent phasing time

requirements resulted in missing the first return opportunity. Utilizing a south
launch for this region, however, will provide mission times of 47.4 hours throughout

the central angle range. For this mode, the difference in regression of the orbital
planes of the parking orbit and the space station orbit will require a plane change of
0.7 degrees/day to accomplish the SERV/spacecraft rendezvous. Parking orbit
maintenance time for this mode is a minimum of 46 hours and increases with mission
duration. If required stay time at the station exceeds the 22.1 hours available for
the minimum mission time case, additional return opportunities recur every 22,9
hours thereafter.

3.1.1.3 Deliverable Cargo Variation with Mission Duration

Using the appropriate velocity budgets associated with both Modes A and B coupled
with the phasing information on these profiles, the deliverable cargo carrying
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Figure 3.1-3. Mode B Mission Phasing Requirements

capability for the SERV-PM and the SERV-MURP configurations was determined .

( See figure 3.1-4.) These results are presented as a function of mission duration.
Based on the phasing results, the minimum duration mission for each mode of opera-
tion is noted. The cargo carrying capability of the SERV-PM using either mode
exceeds the SERV-MURP capability because of the lower spacecraft weight associated
with this configuration.

3.1.1.4 Configuration/Profile Assessment

For each payload configuration, the performance and operational characteristics
associated with both operational modes were examined and the advantages and dis-
advantages assessed. The results of this assessment are summarized on table 3.1-1.
Generally, both operational modes have desirable characteristics. Mode B provides
a performance advantage, while Mode A has advantages related to phasing flexibility.
No single selection need be made at this time since the ability to operate in either
mode is possible under the current design concept. Indeed, the selection of the
operational mode to be used can be made for each mission without penalizing other
missions., This capability greatly enhances the flexibility of SERV.

3.1.2 HAZARDS AND ABORT

3.1.2.1 Engine Out Implications

The aerospike engine for SERV consists of 12 modules and each module has a turbo-
pump. The 12 turbopumps which feed into a common manifold, have been designed
with an overspeed capability such that should a pump fail the remaining pumps can
operate above the nominal operating speed to maintain the required thrust level.
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Figure 3.1-4. Deliverable Cargo Variation with Mission Duration

Table 3.1-1. Configuration/Profile Assessment

CONFIGURATION AND MISSION PROFILE

ITEM SERV-PM SERV-MURP
MODE A | MODE B | MODE A | MODE B
PAYLOAD IN PARKING ORBIT (LB) 50,900 | 86,700 | 53,600 | 88,500
CARGO TO SPACE STATION, MIN. DURATION (LB) 25,000 | 53,200 3,100 | 27,300
CARGO TO SPACE STATION, 7-DAY MISSION (LB) 23,400 40,900 1,500 14,600
ABILITY TO MEET DESIRED MISSION CHARACTERISTICS:
e 25,000 POUND CARGO, MIN. DURATION YES YES NO YES
e 25,000 POUND CARGO, 7-DAY MISSION NO YES NO NO
e  48-HOUR RESCUE MISSION REACTION TIME YES NO YES NO
o  1500-NM CROSS RANGE CAPABILITY NO NO YES YES
(MURP) | (MURP)
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The thrust level, which can be maintained after the failure of one or more turbo-
pumps, is a function of the design overspeed capability of the pumps. This relation-
ship is presented parametrically on the lelt hand side of figure 3.1-5, which shows the
percent of nominal thrust after failure as a function of percent overspeed in the pump
design for 1, 2 and 3 turbopumps out. Trajectories simulating failures to various
thrust levels occurring at varying times along the ascent trajectory were generated.
From these data the curve of failure time after which a failure to a specific percent
thrust could occur without aborting the mission was determined. These results are
shown on the right hand side of figure 3.1-5. The shaded area indicates the thrust
level, failure time combinations yielding mission abort situations. To the right of
this region is an area of combinations for which the nominal mission can be accompli-
shed utilizing part or all of the flight propellant reserve. This region is bounded on
the right by the nominal thrust level versus time.

The current point design of the turbopumps incorporates a 20 percent overspeed
capability. The dashed line on figure 3.1-5 reflects this capability, Interpreting the
results for this design indicates that the nominal mission can be accomplished with a
failure of one or two turbopumps at any time. The nominal mission can be accomplished
utilizing the FPR with three turbopumps out if the failure of a third pump occurs after

50 sec.

NUMBER OF
NUNOER s PERCENT
ouT TR PAILURE
AFTER FAILL NOMINAL MISSION
, — 100
/
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POINT DESIGN . 100 —— /D USING PR
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Figure 3.1-5. Engine Out Implications
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3.1.2,2 Intact Abort Implications

In the event of a catastrophic malfunction of SERV during ascent, abort capability for
both the PM and the MURP spacecraft has been provided. Abort for the PM is pro-
vided using eight solid rocket motors, which have been sized to give an initial

T/W of 5.7 from SERV with all engines shut down. For SERYV failures which precipitate
moderate rates to structural breakup, this abort system will be adequate., The PM,
once aborted, will traverse a parabolic arc trajectory until it reaches 50, 000 in
altitude, at which time a sailwing is deployed and the PM sets down on either land or
water. Similarly, for the MURP, separation from a malfunctioning SERV is accompli-
shed using solid rocket motors. However, with this spacecraft an aircraft type

landing will be used. The abort modes for both the PM and the MURP are shown
schematically on figure 3.1-6.

3.1.3 SERV FINAL PERFORMANCE

The capability of the SERV for a spectrum of missions has been determined and is
presented on table 3.1-2. The numbers presented are gross payload values (i.e.,
spacecraft plus cargo). For the space station mission the deliverable cargo weights
are shown in parenthesis. For this mission, payload and cargo were examined
using the two operational modes.

3.1. 4 FIXED HARDWARE SENSITIVITIES

The sensitivity of payload to variations in significant vehicle and mission parameters
has been determined for three missions of interest. For the space station cargo de-
livery mission, cargo sensitivities have also been assessed. These data are presented
in table 3.1-3. These are fixed hardware sensitivities and reflect the expected varia-
tion in payload which will result from a known variation in a particular parameter on
the ground.

3.1.5 REENTRY PERFORMANCE

Figure 3.1-7 shows the reentry corridor for return from the range of orbital altitudes
considered for SERV. The entry conditions are referenced to the 400, 000 ft interface
altitude. As indicated, the maximum deceleration experienced during reentry increases
as the entry angle increases. These decelerations were obtained for full-lift trajector-
ies with an L/D of 0.30 and a band of W/CpA values from 40 to 70 psf.

To maintain aerodynamic maneuvering capability within the 3.0 g deceleration limit,
SERV must reenter at entry angles to the left of the 3.0 g band. From a deorbit pro-
pellant standpoint, it is further desirable to enter at shallow angles as indicated by the
magnitude of the deorbit velocities. However, a skip~out condition will occur for very
shallow entry angles. In addition, range sensitivity is a problem in the area of the
skip-out restriction. To provide a footprint capability without causing large range sen-
sitivity, SERV is currently restricted to reentry conditions to the right of the 2.5 g
deceleration band.

3-7



SERV — PM SERV — MURP
enp—— \
REENTRY
@ DESTRUCT DESTRUCT
DESTRUCT Be,
ABORT
ASCENT
[ e
PM LAND OR LLAND
. WATER LANDING
L 1 | 1
Figure 3.1-6. SERV Abort Modes
Table 3.1-2. SERV Final Performance (Gross Payload Capability)
MISSION ORBIT (PAYLOAD IN POUNDS) (NM CIRCULAR X DEGREE INCLINATION)
SPACECRAFT
270 NM X 55 DEG | 270 NM X 55DEG
110 NM X 28,5 DEG MODE A MODE B 100 NM X 90 DEG | 100 NM X 104 DEG
116,439 53,577 83,370 NA '
MURP (65,912)* (3,052) " (27,282) NA
PM 112,260 50,873 80,697 . 42,975 25,819
(90,170) (25,000) (53,223) (20,885) 3,729)
NOSECONE** 112,260 50,873 NA 42,975 25,819
O CONE"* 125,000 63,000 NA 54,000 36,000

*VALUES IN PARENTHESES ARE CARGO WEIGHTS

**WEIGHT OF NOSECONE AND EXTENSION INCLUDED IN PAYLOAD



Ve (103 FT/SEC)

26.5

26.0 |

25.5

25.0

24.5

Table 3. 1-3.

Fixed Hardware Sensitivities

Il I

600 = AVR

hp =270

ho =110

-1 -2
Ye (DEG)

-3

OPERATIONAL SENSITIVITY*
MISSION
DUE EAST SPACE STATION RETRO GRADE
100 NMI/28.5° 110 NMI/55° 100 NMI/104°
PARAMETER
PAYLOAD PAYLOAD | CARGO** PAYLOAD
WEIGHTS
INERT WEIGHT LB/LB -1,000 -1.000 -0.875 -1.000
INERT WEIGHT LB/PERCENT -6012 -6016 ~5264 -6001
DRY WEIGHT LB/LB -1.003 -1.004 -0.879 -1.008
DRY WEIGHT LB/PERCENT -4,958 -4,962 ~4344 -4,982
PROPULSION (PERCENTAGE VARIATIONS)
SPECIFIC IMPULSE (T CONSTANT) LB/SEC (VAC) 3,690 3,582 3,134 3,364
SPECIFIC IMPULSE (W CONSTANT) LB/SEC (VAC) 4,214 4,065 3,557 3,777
THRUST (ISP CONSTANT)  LB/PERCENT 2,175 2,038 1,783 1,715
THRUST (% CONSTANT LB/PERCENT 19,570 18,977 16,603 17,632
PROPELLANT LOAD L8/18 0.1063 0.1028 0.0899 0.0962
PERFORMANCE
ASCENT VELOCITY LB/FPS -53.7 -51.4 -44.9 ~-46,2
ON-ORBIT AV -
SERV/ASCENT PAY LOAD LB/FPS -52.0 -49.6 -43.4 ~45 .4
SERV/RETURN CARGO LB/FPS -47.4 -47 .4 -41,4 -47 .4
SERV LB/FPS -43.4 -43 .4 -38.0 -43.4
DRAG LB/PERCENT ~724 -697 -610 -640
ORBIT INCLINATION L8/DEG -850 -1125 -984 ~-1200
LAUNCH SITE ALTITUDE LB/FT 6.33 6.17 5.38 547
*MOST SENSITIVITIES ARE NON-LINEAR AND SHOULD BE USED ONLY FOR SMALL DEVIATIONS,
“*CARGO DELIVERED TC 270 N MI .
L/D =0.30

W/CpA = 40-70 PSF

=30
8 ~20f
o
e
a
<
o
-
=
o =10
<

0 | | |
25 3.0 3.5

DECELERATION LEVEL (g)

Figure 3.1-7. SERV Reentry Corridor
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Figure 3.1-8 shows reentry footprint envelopes for constant L/D reentry from an orbital
altitude of 110 nm for a retro velocity increment of 400 ft/sec. Footprint size is shown
for L/D values of 0.25, 0.30 and 0.35, and the point at which various deceleration values
are reached is shown for each L/D value. For SERV, the maneuvering capability is
measured from the point of maximum range to the point where a deceleration of 3.0 g

is encountered. As shown, an increase in maneuvering capability above the nominal
provided by an L/D of 0.30 could be provided by trimming the vehicle to a higher L/D
value, by raising the deceleration limit, or by a combination of both.

o ho =110 N MI
- A VR = 400 FT/SEC
W/CDA = 50 PSF.

o L/D=0.35

=" - 0.30 /
L
17
(L] ~..
% 1400 1500 1600 1700 59 9%
= 0 { ' ! ) QLK
x DOWN RANGE (N M) 50008
a — R
A I e <
2 00} ax = 4.5 :o > >
_ D 35 3.0
+200-

Figure 3.1-8. Reentry Footprint for Constant L/D Reentry

3.2 AEROSPIKE PROPULSION PERFORMANCE

To answer this foremost feasibility issue, a series of cold flow tests were performed
on a 27-inch~diameter model of SERV at the Arnold Engineering Development Center.
Engine characteristics, test procedures, and test results are presented.

The model design was based on the 90-ft diameter baseline vehicle, having 12 aero-
spike modules arranged in a ring of 87. 4 ft outside diameter. (See figure 3.2-1.) The
engine is fully integrated with the SERV, forming the base closure of the vehicle

and using the entire base of the vehicle. Each of the 12 interconnected modules have
a set of 2-stage, turbine-driven pumps; module interconnection is accomplished by
use of a common manifold on the high pressure side of the pumps. Individual modules
are controlled by oxidizer and fuel valves downstream of the common manifold, The
module turbopumps are capable of emergency operating levels such that in the event
of a failure of one of the 12 units, the remaining 11 can maintain all 12 modules at
their normal operating level.  Protective doors protect the aerospike ramp during
reentry operations, as shown in cross section on figure 3.2-1.
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Figure 3.2-1. Aerospike Engine Integrated with SERV

Data for the baseline engine were supplied by Rocketdyne and subsequently resub-
mitted to reflect a revised integration with SERV. This integration resulted in an
engine with a larger overall diameter, a higher area ratio (483), and interconnected
modules to allow turbopump-out capability. Rocketdyne also incorporated an improved
turbopump in the system. The resultant engine specific impulse was improved by 3.2
sec at vacuum conditions and 1.4 sec at sea level, while engine weight increased by
7,345 pounds. The weight increase was due primarily to module interconnection
plumbing and the increase in diameter (1.3 ft). The revised data were used as the
baseline for subsequent trade study tasks.

Although the engine area ratio changed from 465 to 483 during the design integration,
the fabrication schedule of the cold flow model dictated use of the earlier baseline
engine at € of 465.

3.2.1 COLD FLOW MODEL TESTING

A summary of prior aerospike nozzle testing is shown plotted in normalized form
in figure 3.2-2. Note that different area ratios (€ ), nozzle lengths (%L), gas
properties ( Y ), and secondary flow rates ( W /W p) are presented. The range of
interest for SERV is shown in the lower left corner. Although the data appear to
scatter, it must be emphasized that it is a basic characteristic of the aerospike
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nozzle to follow a "humping' or 'roller coaster' type curve during recompression at
low pressure ratios. Thus, the data spreading shown is the result of superimposing
the recompression characteristics of many different configurations.

NORMALIZED AEROSPIKE THRUST COEFFICIENTS %723 - o
1.0 = COLD-FLOW AND HOT-FLOW, WITH SECONDARY FLOW - £
¥ L) ba o
£ o0 g™ 58 v
& o.9sf- & Eoge &°¢9
S ®
(&} A % A
O ') ®
 phounbaindy inbalesyluindeiedeioiuleiaiaky @O ®
1O SERV RANGE OF O ®
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1 9 1
D 0 (g ¢
: E 0.944— ‘ 4 LEGEND:
: N o : SYMBOL € Ly WA (%) SYMBOL € BL y Ws /M (%)
1= "y A 50 30 1.4 1,00 ) 76.8 25 1.4 1.03
I & 1 O u 15 1.4 1,00 % 76.8 15 1.27 l.gg
o 6 R o 10 1. .
' S 0.2 o i % Zash 12 10h 1200 2.2 120 :12 02 (0.75-
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2 I D o246 7.3 L4 101 8 2.0 10 NTO/ 100
' < L4 1 O 4.8 29.5 1.4 0.93 50/50
1 1 O 4.3 10,1 1,4 1,02 A 52,95 20 LOX/Hp,  (0.50-
1 1 O 10,4 9.3 1.4 1.02 1.00)
1 0.90— o 1
1 1
' ] ] 1 ] ] ] ] 1 1 1
Lo__0015 .02____ 04 5 .06 .08 0.1 0.2 0.4 0.6 0.8 1.0
’k Rocketdyne REDUCED PRESSURE RATIO, (Pc"Pa)“PC/Pa)des,
North American Rockwell . S

Figure 3.2-2, Status of Aerospike Testing Prior to SERV Cold-Flow Testing

It is readily apparent from the indicated range of interest that insufficient information
was available for accurate prediction of the SERV engine performance. In addition,
no test information existed for slipstream operations with blunt bodies and high
nozzle expansion ratios. Hence, a cold-flow test program was implemented to
provide this information.

The objective of the cold flow test was to determine performance and base flow
characteristics of a high area ratio (465) aerospike engine at flight Mach number and
simulated altitude conditions. A cold flow (air) test model was selected to minimize
model cost, minimize test cost, and maximize geometric model accuracy. The final
status of model design, fabrication, and test is as follows:

1) Designed jointly by Chrysler and Rocketdyne (completed 8-22-70)

2) Fabricated, assembled, and static checked by Rocketdyne
(completed 11-10-70)

3) Tested at AEDC 16T PWT on 12-1-70 through 12-8-70.

The model scaling method used was by direct scaling of the aerospike engine area
ratio (ARFSz 465; ARM = 417) and an isentropic compression ramp designed for

air (¥ = 1.4).

S
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The essential part of the procedure for predicting hot-firing performance from cold-
flow tests lies in the normalization procedure indicated in figure 3.2-3. The relative
simplicity of the technique belies the amount of theoretical and experimental effort
expended to prove its usefulness. Shown at the top of the figure are the performance
curves for two nozzles with different design pressure ratios and design point thrust
coefficients. These values can be different because parameters such as area ratio,
gas properties, nozzle length, or contour shape are generally different. If the thrust
coeflicient and pressure ratio for each case is divided (normalized) by its respective
design point value, then both curves tend to map onto a single curve as shown in the
lower figure. The inverse of this procedure, that is, mapping from a normalized
curve to a hot-flow curve was applied in this test program.,

Thus the procedure used for the data analysis was as follows. For each Mach number:

1) Values of model C T versus pressure ratio were obtained from test
dat'a and correlated with respect to C Ty CTBV’ and CT'BVO'
2) Using these data, normalized curves of C/C TDESIGN® Yersus
(Pe/Py ) / (PC/P(D ) pESIGN  Were prepared; model and full scale
‘ performance were then correlated by this relationship.
.3) Finally, C_, and I versus pressure ratio were obtained for the full
scale engine using the normalized CT - pressure ratio relationship.

LDESIGN C7 . : DESIGN C
- 1

DESIGN P.R.

DESIGN P,R,

PRESSURE RATIO, P./P,

SN
o

Cy/Crq
%,

NORMALIZED PRESSURE RATIO, Pc/Pa/(Pc/Pajes.

Figure 3.2-3. Normalizing of Aerospike Thrust Coefficients
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3.2.1.1 Propulsion Wind Tunnel Installation

Figure 3.2-4 shows the 2-1/2 percent model (approximately 27 inches in diameter)
and figure 3.2-5 shows it installed in the 16-foot Transonic Propulsion Wind Tunnel

at the Arnold Engineering Development Center. The model was forward-strut-mounted
to eliminate obstructions and disturbances in the base region. Four tether cables were
secured to the forward sting to prevent dynamic buffeting. The minor aerodynamic
disturbances in the base flow created by forward protuberances were well within the
accuracy of the measured test data.

Prior to shipping to AEDC, static checkout of the model was performed in the Rocket-
dyne Rocket Nozzle Test Facility (RNTF). (See figure 3.2-4.) There, the model
pressure system was certified to 1080 psi and system leak and proof tests were per-
formed.

3.2.1.2 Test Conditions and Data

The scaling procedure developed by Rocketdyne dictates that the model geometric
area ratio should be approximately equal to the full-scale geometric area ratio. Con-
tours on the nozzle expansion surface are then designed for the corresponding ratio

of specific heats of 1.4 for cold flow and 1.2 (approximately) for hot flow. Test
conditions and test data are summarized as follows:

1) Pc for the model was 400 psia.
2) PC/POO was varied from 100 to 1000.

3) M was varied for a range of values: 0, 0.6, 0.8, 0.9, 1.1,

and 1, 25,
4) Data taken were:
a) Force for engine-on and engine-off conditions.
b) Static pressure on forebody, doors, cowl, ramp, base.
c) Engine primary and secondary flow rates.
A typical Schlieren to illustrate test operation is shown in figure 3.2-6. Test
conditions were: doors off, pressure ratio of 600, and Mach number of 0.9, For a

more complete description of test operations there is a motion picture which further
documents the cold-flow test.

The installed nozzle efficiency is a measure of nozzle performance including the effect
of the nozzle on the vehicle drag:
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2.5 PERCENT COLD FLOW MODEL RNTF STATIC TEST

Figure 3.2-4. Model Design and Fabrication

Pegne
Shanas wed

Figure 3.2-5. Propulsion Wind Tunnel Installation
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Figure 3.2-6. Schlieren of Cold Flow Test Run (Doors off, Pressure
Ratio = 600, Mach = 0.9)

For high pressure ratios, net effect of the protection doors was a decrease in installed
nozzle efficiency. The particular door configuration selected for the model tests did
not behave as predicted. The results from these tests, figure 3.2-7, indicate that
‘optimization of the door configuration has the potential for a significantly improved
installed nozzle efficiency.

Consequently, only doors-off performance was used; but in vehicle design analysis,
the door drag was incorporated as a part of the total aerodynamic drag, and the
mechanical design of the doors included a means for ventilating the inside cowl
‘region, if required after further investigation.

3.2.1.3 Full Scale Nozzle Efficiency from Model Data

Having located the point of departure from the uncompensated curve for each flight
Mach number, the CT data were extended to the range of pressure ratios cor-
responding to the SERV operating conditions. The installed efficiency CT was
computed (C o minus ACT. ) for the same conditions, the ACT_ (drag due to engine
operation) bemg extrapolat ]3 from the model data. The full scaB installed efficiency,
figure 3.2-8, was then computed:

C
CTI FULL = (CTI MODEL) T DESIGN, FULL
T DESIGN, MODEL
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at the [ull seale pressure ratio:

P
) RpESIGN, FULL

PRDES IGN. MODEL

P =
RFULL (PRMODEL

The range of pressure ratios covers the expected range of presshre ratio and Mach
number operating conditions for the SERV mission.

Specific impulse versus altitude, figure 3.2-9, follows directly from the CT versus
pressure ratio data: I

I = Cp omge -+ L
I IDEAL

For P_= 2000 psia, ambient pressure (P_ ) is obtained from pressure ratio,
Pc/ P~ , and altitude is known, having P, .

480
1 1 [ T
/
440 }- -
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)
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Figure 3.2-9. Full-Scale Engine Performance Based on Model Data
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3.2.2 INTEGRATED ENGINE PERFORMANCE

Nominal performance of the point design engine developed by Rocketdyne in the latter
portion of the study is shown in figure 3.2-10. This performance also makes use of
the model test data as did the performance presented in figure 3.2-9. The values

of specific impulse as a function of Mach number and altitude shown were input to
the sizing program to perform final configuration sizing. The performance values
for a typical SERV trajectory are indicated by the dashed line on the carpet plot.

500

d. _i e pe e L e e - . o . . - . -
i 120 - 130

'

400 b4

SPECIFIC IMPULSE (SEC)

"N SERV TRAJECTORY
S R A.‘.‘ e

i
e

i
i
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Figure 3.2-10. Nominal Perf‘orrmancé of Point Design Engihé_
(Area Ratio = 433.7)

3.2.3 CONCLUSIONS
Three principal conclusions may be drawn from the analysis:

1) The behavior of the SERV aerospike nozzle was as expected. The
base pressures were lower than anticipated but the integrated SERV-
aerospike performance was as predicted. No fundamentally new
phenomena were observed.

2) Feasibility has been demonstrated within limitations of current
tests.

3) Further optimization of engine/vehicle geometry should be explored
to improve performance.
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3.3 AERODYNAMIC CHARACTERISTICS

This section describes drag and stability characteristics for both the ascent configura-
tion and the descent configuration. In addition, reentry trim angle of attack and lift-
to-drag ratio are described for the descent configuration.

3.3.1 ASCENT CONFIGURATION

To resolve this feasibility issue, four major tasks of aerodynamic analysis and testing
were completed: ‘

1) Investigation of sensitivity of aerodynamic performance to geometric
parameters.

2) Definition of preliminary stability and drag characteristics by
analytical methods.

3) Performance of preliminary wind tunnel test programs:

a) Aerospike engine and base flow tests at the AEDC 16 -foot
Transonic Propulsion Wind Tunnel for a Mach range of
0 to 1.25 (completed 12-8-70).

b) Force tests at the ARC 6-foot Supersonic Wind Tunnel for
a Mach number range of 0.4 to 2.0 (completed 11-10-70).

c) Force tests at the LaRC 4-foot Unitary Plan Wind Tunnel
for a Mach number range of 2,6 to 4.64 (completed 1-12-71),

4) Application of wind tunnel data for definition of full-scale
characteristics.

3.3.1.1 Net Axial Force

Net axial force during ascent flight is defined by three force components acting on the
vehicle. (See figure 3.3-1.) These are:

1) Forebody drag composed of pressure and friction drag over the
forward surfaces of the vehicle from the payload nose apex rearward
to include the outside of the engine doors.

2) Base drag exerted over the inside of the engine doors and exterior
flange inward to the engine nozzle, determined by the pressures acting
over these surfaces with main stage propulsion on.

3) Effective aerospike engine thrust including compression ramp and
base heat shield pressure forces.

The first two of these force components are typically expressed in aerodynamic
coefficient form as a function of the flight Mach number at altitude.
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Figure 3.3-1. Net Axial Force = Thrust - Forebody Drag - Base Drag

3.3.1.2 Flow Field Schlierens

Wind tunnel tests of > 0.55 percent scale models were conducted at the NASA Ames
Research Center and Langley Research Center to define preliminary values of the
forebody aerodynamic drag and stability forces for the SERV ascent configuration
with various payload geometries.

Shown in figure 3.3-2 are typical schlieren photographs of the aerodynamic flow
around the various payload/vehicle configurations from an Ames transonic test.

Test conditions are freestream Mach number of 1.4 at zero degrees vehicle angle-of-
attack.

3.3.1.3 Aerodynamic Drag

Vehicle forebody and base drag coefficients are defined in figure 3.3-3 as a function

of flight Mach number. The solid curves present data evaluated from the various
scale model wind tunnel tests, compared to the preliminary predicted values presented
by the dashed cures. The reductions in forebody drag for the various payloads are a
result of the aerodynamic spike effect of the longer and larger payloads. Such pay-
loads produce more conical flow pressure fields over the forebody surface as opposed
to the high pressure blunt body level of the retracted personnel module configuration.
The increase in drag of the winged payload above Mach 2 is caused by a decrease in
the separated region and oblique shock attachment on the 45~degree cone. These
trends are influenced by local Reynolds number.
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Figure 3.3-2., Flow Field Schlierens at Mach 1.4 and o = 0
(From Arc Transonic Test 66-552)
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Figure 3.3-3. Aerodynamic Drag

The base drag coefficient includes base pressures acting on the engine doors and
base cowl area outside of the engine nozzle perimeter. This incremental term
provides a total drag coefficient for the vehicle with the correct engine door opening
angle consistent with the definition of installed thrust performance previously pre-
sented.

3.3.1.4 Stability Characteristics

Aerodynamic stability characteristics, as determined from the scale model wind
tunnel force tests, were compared with the preliminary predictions. The various
payload configurations are not all statically stable (i.e., aerodynamic center of
pressure (CP/D) aft of the center of gravity); however, the centers of aerodynamic
moment are sufficiently close to the nominal center of gravity to not require exces-
sive control forces for directional steering and attitude stability.

3.3.1.5 Conclusions - Ascent Aerodynamics

In summary, for the ascent vehicle, the retracted payload configuration demonstrates
high forebody drag characteristics typical of blunt bodies. =~

The extended payload configurations have lower characteristic drag due to the induced
flow separation and equivalent conical flow fields over the forebody above Mach 1.2.

The aerospike engine doors are approximately 10 percent of the total aerodynamic o
drag. Base drag is induced both by the ambient slipstream flow and the aerospike
engine jet exhausts.
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All payload configurations have sufficient neutral stability from the standpoint of
minimum control force requirements.

3.3.2 DESCENT CONFIGURATION

SERV descent characteristics were first estimated by preliminary design analytical
methods utilizing available Apollo data. These characteristics include reentry drag,
stability, trim angle of attack, and lift-to~drag ratio. A minimum-scope preliminary
wind tunnel test program was then defined to verify the predicted characteristics and
determine those characteristics in the transonic and subsonic Mach range for which
prediction methods are not adequate.

The test program consisted of testing a 0.55 percent (6-inch diameter) scale model

of SERV parametric configurations through the deceleration Mach range of 4.64 to 0.4.
It was concluded from indications of the reference Apollo data that the high Mach
number aerodynamic data could be extrapolated to the reentry hypersonic Mach range
with adequate accuracy for this feasibility study.

High Mach range tests were conducted in the 4-foot supersonic leg of the Langley Unitary
Plan Wind Tunnel and were completed on January 12, 1971, Testing in the lower sub-
sonic and transonic Mach range was completed in the Ames 6-foot Supersonic Wind
Tunnel on November 10, 1970. These data were then analyzed to define the full scale
hypersonic reentry and deceleration characteristics.

3.3.2.1 Reentry Trim Aerodynamics

The SERV reenters with heat shield forward and with a negative wind angle of attack
to achieve the required lift-to-drag ratio (similar to the Apollo spacecraft). To
obtain static trim at this negative angle of attack, a center of gravity offset from the
vehicle geometric centerline may be employed. Figure 3.3-4 shows the static trim
angle of attack ( o ) and the lift-to-drag ratio ( L/D) at trim angle of attack for

the SERV baseline reentry vehicle, with and without engine doors. These values

are presented as a function of CG offset in feet for reentry flight Mach numbers
varying from 9.0 to 0.4. As defined in the legend, the solid lines represent pre-
dicted values for the SERV baseline vehicle with engine doors. These predictions
were determined by empirical application of Apollo reference data. The data symbols
reflect SERV wind tunnel test data acquired in the Ames Research Center and Langley
Research Center scale model force tests. By application of Apollo data trends, these
values can be extrapolated to the hypersonic reentry Mach range with adequate accu-
racy for this level of feasibility study.

Removal of the aerospike reentry protection doors lowers o T and respective L/D

by approximately 30 percent below that with doors on. These data show that an
approximate 3 to 4-foot CG offset will be required for the SERV baseline with engine
doors to statically trim at an angle of attack in the hypersonic Mach range sufficient
to attain an L/D of 0.3, With this constant CG offset, the static trim angle of attack
and respective L/D will increase and then decrease as the vehicle decelerates through
the supersonic and transonic Mach ranges.
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Figure 3.3-4. Reentry Trim Aerodynamics

Also illustrated in figure 3.3-4 are Schlieren photographs showing the aerodynamic flow
around the two configurations at M = 2.0 and ©= -22 degrees; these are typical of the
photographs taken during the ARC and LaRC tests.

3.3.2.2 Stability and Drag

Employing a vehicle CG offset above the vehicle geometric centerline will result in

the vehicle aerodynamically trimming at a heat shield facedown angle of attack. For
each Mach condition, the static aerodynamic trim angle of attack is that point at which
the aerodynamic pitching moment is equal to zero. The continuous near-linear negative
slope characteristic of the pitching moment with angle of attack of the SERV indicates
that the reentry configuration is stable within + 10 degrees of the trim angle of attack
and will have a favorable restoring moment when disturbed by winds.
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The acrodynamic drag cocfficient at o7 is ncarly constant from hypersonic
recentry through supersonic deceleration for a specific offset of the CG from the
vchicle geometric centerline. The values decrease below Mach 1.0, following the
trend expectled for a hemispherically blunt body such as SERV.

Aerodynamic lift-to-drag ratio (L/D) at trim angle of attack increases with decreasing
deceleration Mach number down to Mach 1.5 and becomes irregular through the tran-
sonic speed regime.

3.3.2.3 Configuration Trim Characteristics

Descent vehicle static aerodynamic trim characteristics are very sensitive to the
reentry heat shield corner geometry. Illustrated in figure 3.3-5 are the trim angle
of attack ( @ T) and lift-to-drag ratio at o T for four different corner geometries
at Mach 4.64 as a function of lateral center of gravity position for a specific long-
itudinal location. There is no appreciable change in @ T by decreasing the heat
shield corner radius from the baseline 11 percent to 5 percent, but there is an
approximate 10 percent increase in L/D at trim angle of attack. Removing the aero-
spike engine thermal protection doors results in a 20 percent reduction in ¢« ' and
over a 30 percent decrease in the trim L/D. A very favorable increase in both ‘o T
and (L/D),., is obtained by reducing the corner radius on just the lower side of the heat
shield. A 11 percent to 5 percent combination was tested, which indicated that at
this Mach number a trim angle of attack of 10 degrees and a trim lift-to-drag ratio of
0.15 could be obtained with no lateral CG offset, and for all feasible CG locations
there would be a sizable increase in the trim lift-to-drag ratio primarily due to the
increase in O T,

NOTE:
o LOGITUDINAL CG LOCATION, X/D = 0,2459 = 11% HEAT SHIELD CORNER RADIUS
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o
o
1

Il

o
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|
\

TRIM LIFT-TO-DRAG RATIO, (L/D)¢
o
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Figure 3.3-5. Configuration Trim Characteristics
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3.3.2.4 Recommended Vehicle Descent Aerodynamic Trim Characteristics

To achieve the desired reentry L/D of 0.3 with minimum CG offset requirement, it
was recommended that aerodynamic trim augmentation be utilized by employing
different corner radii on the upper and lower perimeter of the heat shield. Figure
3.3-6 illustrates trim conditions that the recommended vehicle, having an upper
corner radius of (r/d) = 0.11 and a lower corner radius of (r/d). = 0.05, would fly
from reentry through usupersonic deceleration. The vehicle is sIfatically stable
throughout this range and continues to be stable through transonic and subsonic
deceleration.

Reentry trim angle of attack would be held to less than the afterbody angle to mini-

mize afterbody heating. This will be accomplished by decreasing the lateral CG offset
if necessary. A resultant arp of approximately -22 degrees would adequately provide
the reentry L/D of 0.3 desired. Both aT and ( L/D) T would increase with decelerating
Mach number in the supersonic range below the flight regime of maximum aerodynamic
heating. '

The differential corner radii can be achieved by contouring the upper three quarters
of the heat shield circumference to the larger radius and employing the smaller
corner radius on only the lower quadrant, Effects of this heat shield corner radiusing
would hardly be significant to the ascent aerodynamic characteristics of the vehicle,
particularly if the radii are confined to the aerospike engine protection doors, which
are open during ascent flight.
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Figure 3.3-6. Descent Aerodynamic Trim Characteristics for Recommended
Vehicle
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3.3.2.5 Conclusions - Descent Aerodynamics

The desired hypersonic reentry trim L/D of 0.3 can be obtained for the baseline
vehicle with a CG offset of approximately 4 feet. Trim angle of attack would be
approximately -22 degrees. The vehicle is statically stable within + 10 degrees of
the trim angle of attack from hypersonic reentry through transonic deceleration.

Removal of the aerospike engine thermal protection doors would result in over a
30 percent reduction in reentry trim L/D. This is due to both the reduction in
reentry trim angle of attack and L/D at angle of attack.

Differential corner radiusing of the heat shield is incorporated to minimize CG offset
required to achieve the desired trim lift-to-drag ratio,

3.4 THERMAL PROTECTION CHARACTERISTICS

The thermal environment and protective requirements for ascent and reentry are
presented and the effect of cryogen boiloff is discussed.

SERV reenters the atmosphere at an attitude very similar to the Apollo spacecraft.
Because the SERV shape is also similar to, though larger than Apollo, extensive use
was made of Apollo experimental and flight data in the SERV reentry heating pre-
dictions.

3.4.1 CONICAL FOREBODY

The ascent trajectory of SERV would result in lower aerodynamic heating than the
trajectories flown by the Saturn IB vehicles . (See figure 3.4-1.) However, the aero-
dynamic flow field caused by SERV’s 45°0 " and 22°40 " frustums results in higher
aerodynamic heating than the smaller frustum angles on the Saturn IB. Convective
thermal environments that occur on the SERV frustums are compared with Saturn IB
heating rates in figure 3.4-1. It is seen that the heating rates on the upper and lower
frustums of the SERV structure are more severe than the Saturn IB heating rates on
the 9° LEM shroud.

The ascent thermal environment on these structures, assuming no thermal protection,
will result in temperatures of the exposed surfaces that are well below the temperature
limit of Inconel 718, which is approximately 1250° F. However the temperature
differential across the basic honeycomb panels during ascent and reentry were not
acceptable from a structure design standpoint. Therefore, methods of reducing the
temperature differentials were investigated. On the 45 degree frustum, maximum
temperature gradients will occur at a location that is an integral part of the hydrogen
tank., The gradients are, therefore, the result of extremely cold (-420°F) hydrogen

on one side of the honeycomb, ambient air on the other side of the honeycomb, and

the excellent insulative properties inherentin a honeycomb structure.

Figure 3.4-2 presents the SERV tank arrangement and the structural configuration in
each area. The external wall configurations for the 45°0 “and 22°40” frustum consist
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of a double honeycomb. The inner honeycomb is a structural load carrying component;
the exterior honeycomb is lightweight and non-load carrying, and is designed to reduce
the temperature gradient across the primary honeycomb.

Temperatures for each face of the double honeycomb configuration are presented on
the left of figure 3.4-3. The outer face of the TPS panel reaches a maximum tempe-
rature of 890°F at 185 sec. The inner face of the TPS honeycomb reaches 160°F at
300 sec. The inner face of the structural panel is in contact with LH_ prior to liftoff
and, because the honeycomb panel is a good insulator, it remains very cold during
ascent. Figure 3.4-3 presents the transient temperature differential across both the
TPS panel and the structural panel for the 45-degree frustum, As shown, a maximum
differential of 910°F occurs across the 2. 0-inch TPS panel at 185 sec. Since this
panel will not be a load carrying member, a differential of this magnitude is accept-
able. A maximum differential of 540°F is shown across the 4. 0-inch thick struc-
tural panel at 300 sec after liftoff. At this time, aerodynamic loads are negligible
and the magnitude of this differential is also acceptable. A similar analysis was
conducted on the 22°40° frustum. The outer face of the TPS panel reached a
temperature of 650°F. The maximum temperature gradient for the structural panel

was 400°F.
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Figure 3. 4-1. Ascent Heating Rate Comparison
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Heating rates and the outer face structural temperatures on the 45-degree frustum
will be lower during reentry than during ascent. Figure 3.4-4 shows transient
temperatures for all faces of the double honeycomb panel configuration at the point

of maximum heating on the 45-degree frustum. The temperature of the exterior face
of the TPS panel is seen to reach 800°F. Peak temperatures of the innerface of the
TPS panel and the inner face of the structural panel is 385°F and 170°F, respectively.
The maximum temperature gradient across the TPS panel and the structural panel

are 600°F and 280°F, respectively. These temperature gradients are much lower
than during boost because there is no temperature gradient at start of reentry; whereas,
there is a large gradient prior to liftoff due to the LHg being in contact with the inner
wall. A similar analysis was conducted for the 22°40° frustum during reentry. The
peak temperature on the outerskin of the TPS honeycomb was 1420°F.,
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Figure 3.4-4. Reentry Temperature Histories
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3.4.2 BASE HHEAT SHIELD

The aerodynamic heating on the SERV heat shield during reentry is the dominant
factor in establishing the ablative material requirements and substructure temperature.
Reentry aerodynamic heating rates on the heat shield were calculated at the maximum

heating location (S = 60 feet) and at the stagnation point ( S = 0 feet).

( See figure 3.4-5.)

This was performed for both the maximum peak heating trajectory and the maximum
total heating trajectory. The aerodynamic heating rates for these locations resulting
from the maximum total heating trajectory are shown as a function of time,

Figure 3.4-5 also shows the variation in thermal environments on the heat shield,
expressed as radiation equilibrium temperatures for the maximum total heating

trajectory.

It is seen that highest heating rates and, consequently, maximum ablative

thickness will be required approximately 60 ft from the stagnation point,
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Figure 3.4-5. Reentry Heat Shield Thermal Environment

(Maximum Total Heating Trajectory)
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The adiabatic model depicted by Configuration A in figure 3.4-6 will result in the most
conservative estimate of required ablation material. To determine the influence of a
non-adiabatic backside honeycomb constraint, the two additional configurations, B and
C were analyzed. A low density silicone elastomer was analyzed using these models.
Ablator-honeycomb interface temperatures and structural honeycomb backside
temperatures are determined. '

{ .
ABLATIVE } .L } { 4L #
THICKNESS ELASTOMER ‘ ELASTOMER ELASTOMER

RN ol L
~
3.25 IN. <& HC PANEL ~ < HC PANEL SN z HC PANEL ~
l ‘ CTL 304
CTL 304 A
/7 / Yy Y P3 I [ o l <
ADIABATIC WALL RADIATION 1IN—He— 1IN ——] f

5IN. 0.30 IN,

STEEL PLATE

|-BEAM

1 JIT777777777777777777777

ADIABATIC WALL

0.25 IN,
77777777777777777777
ADIABATIC WALL
CONFIGURATION A CONFIGURATION B CONFIGURATION C

NO RADIATION WITH RADIATION - BEAM WITH INSULATION

Figure 3.4-6. Ablation Heat Shield Configuration

The influence of internal structure on elastomer-honeycomb interface temperature
and honeycomb backside temperature is shown in figure 3.4-7. As can be seen from
these curves, the presence of internal structure decreases the maximum tempera-
tures and increases the structural honeycomb temperature gradient. Peak interface
and backside temperatures for the three configurations are shown in table 3. 4-1.

3.4.3 CRYOGEN BOILOFF

Heat will enter the LHg tank from the 45-degree conical outer wall, the LH, /LOZ
common bulkhead, the cargo hold wall, and the upper and lower bulkheads. Heat
transferred through each of these structures was calculated and the net heat entering
the LHy tank determined. '

The total boiloff rate is 5,161 lb/hr of LH 9. The total weight of LHg in SERV at
liftoff is 604,517 pounds. Therefore, the boiloff rate per hour expressed as a per-
centage of loaded weight is 0.85 percent.

3-33



600 T T T I
NO RADIATION, CONFIGURATION A
500 |- = === WITH RADIATION, CONFIGURATION B 4
e = = WITH |-BEAM, CONFIGURATION C

o 400 |
o
a ABLATOR/HONEYCOMB
w " INTERFACE
2 300F  s=60FT 1
g ELASTOMER
s I
B 00 b — ]

100 | BACKSIDE ]

0 1 1 1 ]
0 200 ’ 400 600 800 1000

TIME (SEC) |

Figure 3.4-7. Influence of Substructure on Primary Structure Temperature

Table 3.4-1. Peak Interface and Backside Temperatures for Silicone Elastomer

For Maximum Total Heating Trajectory _ Configuration
and an Elastomer Thickness of 0.8 inch i
, . A B C
Peak Ablator /honeycomb
" . Interface Temperature (°F) . 480 445 380
Peak Structural Honeycomb
Backside Temperature (°F) 455 370 230

3-34




IF'or comparison purposes, a loaded S-IBV stage includes 44,300 pounds of LH2

and the boilofl rate on the pad is approximately 2,700 lb/hr, for a percentage rate
per hour of 6.09 percent. SERV has a much lower percent boiloff due to the honey-
comb panel being a better insulator than the polyurethane foam, which is used on the
side walls of the S-IVB, and because of the good area-to-volume ratio permitted by
the large SERV size.

Heat will enter the LOy tank from the 22°40~ lower frustum wall and the lower bulk-
head. In addition the LOs will be cooled by the LHy, but this effect is small and was
not considered in the analysis. An analysis was made for each structure similar to
that described for the hydrogen tank. The total boiloff rate for the LOg tank is 10, 047
Ib/hr, or approximately 0. 30 percent of the total loaded LOy weight.

For comparison purposes the LOg boiloff from the S-IB stage is approximately
28,470 Ib/hr or 4.5 percent of the loaded LOy weight. The LO2 tanks on the S-1IB
stage are uninsulated aluminum and have poor surface-area-to-volume relationship
and, therefore, a higher percent boiloff.

Table 3.4.2 presents a comparison of cryogenic boiloff for SERV with existing Saturn

stages. Total boiloff and percent boiloff are compared.
Table 3.4-2. Cryogen Boil-off Comparison
LOX LH2
. Stage Stage
Quantity S-1B SERV Quantity S-IVB SERV
Total Boiloft 28,470 10, 047 Total Boiloff 2,700 5,161
1.b/Hr Lb/Hr
Total 1.0X 630, 000 3,628,655 Total LH, 44,300 604,517
Lb 15
Percent of Total Percent of Total
Boailoft/Ur 4.5 0.3 Boiloff/Hr 6.09 0.85

3.5 FLIGHT CONTROL

The major phases of ascent, reentry and landing are shown in figure 3.5-1,

3.5.1 ASCENT CONTROL

Vehicle attitude control during ascent is achieved through a combination of differential

throttling of selected quadrants of the aerospike engine and RCS roll control thrusters.
A block diagram of the pitch/yaw ascent attitude control system is shown in figure 3.5-2.
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Control is generated from attitude and attitude rate signals. An attitude error gain of
1.75 percent/degree and an attitude rate gain of 1,40 percent/( deg/sec) provide a con-
trol frequency of approximately 2.0 rad/sec and a damping ratio of 0.7 at Q-

The control torque is generated by throttling an appropriate quadrant of the aerospike
engine, thereby producing a moment due to the resultant thrust imbalance, Only one
quadrant of the engine is throttled for a given control signal polarity ( per axis) as
symbolized by the diodes in the diagram. The controllability characteristics of SERV
in the qyax region are also shown. A worst case condition was simulated by flying

the vehicle through a 95 percent speed, 99 percent shear synthetic wind profile peaking
at gy ax and acting in the yaw plane. Parameter dispersions were also considered in
evaluating the controllability characteristics. A six degree-of-freedom simulation of
the vehicle was used to compute the nominal responses and a convariance propagation
routine was used to establish the effects of parameter dispersions. The resultant angle
of attack and control throttle ratio in response to the wind, are shown along with the
corresponding dispersion envelopes due to the parameter dispersions. Note that the
peak control throttle ratio requirement for both wind and parameter dispersions is

11.5 percent; the maximum available is 15 percent.

The roll control system for SERV during ascent employs an auxiliary propulsion system
( APS) for providing the roll control torques in conjunction with a time optimal control
law to minimize the response time during roll maneuver. A one degree deadzone in the
switching logic is incorporated to provide a compromise between fuel consumption and
an acceptable limit cycle amplitude. Response time and fuel consumption for various
roll maneuver attitudes is shown on figure 3.5-3 along with a typical response to a
45-degree roll maneuver.

A sloshing analysis during ascent was performed. Due to the difficulty of predicting
analytically the sloshing characteristics of partitioned annular tanks, the analysis was
conducted for a worst case condition where no partitions are used. The resultant
rotational symmetry made it possible to calculate the sloshing characteristics analytic-
ally, The results of this analysis revealed a strong LOy mode instability. This in-
stability was as anticipated and results from the strong interaction of the fundamental
LOy mode and the rigid body. Instability is attributed to the very large slosh mass
and the very low sloshing frequency of the unsectored LOy tank. It is expected that the
eight partitions which have already been designed into the tanks will lower the effective
mass and raise the frequency of the LOg sloshing mode, thus substantially reducing or
eliminating the sloshing instability. Additional damping if required may be provided by
incorporating ring baffles. Further analysis of the sloshing characteristics of the
partitioned annular tanks is recommended, supported by an experimental test program.

3.5.2 REENTRY GUIDANCE AND CONTROL

Depending on the SERV mission with either a MURP or PM payload, reentry is by
deorbit from either a 110-nm orbit or a 260-nm orbit, Conditions of entry angle and
velocity at the 400, 000~foot entry interface are determined by constraints imposed by
such factors as heating environment, acceleration limits, and the reentry footprint.

The major phases of reentry and landing are shown in figure 3.5-1.
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Figure 3.5-3. Ascent Roll Control

During the hypersonic region of flight, maximum dynamic pressure and peak heating
temperatures are experienced and vehicle maneuvering is initiated to maintain the
desired descent trajectory. The required L/D characteristics for maneuvering are
achieved by a vehicle center of gravity ( CG) offset of approximately: 40 inches.

Because studies of the final vehicle configuration revealed that the maximum
attainable CG offset was 36 inches, differential corner radius were incorporated
as shown in figure 2.3-2, The radii were selected so that only a 30 inch CG
offset was required thus providing a 6 inch margin. This margin can be in-
creased by varying the radii ratio.

High altitude winds are encountered in the supersonic/transonic region of flight, Dur-

ing this regime the CG offset is reduced by the transfer of landing propulsion fuel.

These factors combine to produce significant dynamic conditions for consideration in
the design of the guidance and control systems.

In the subsonic region the landing sequence is carried out with particular attention
given to the landing engine operational constraints, winds, and guidance and control
requirements to obtain the necessary range with minimum fuel consumption.

The reentry attitude control subsystem ( ACS) for SERV employs the same basic prin-

ciples and type of hardware utilized in the Gemini and Apollo spacecraft. The basic
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system, figure 3.5-4, is composed of a sensing system, signal conditioners and a set
of reaction control thrusters which function in an automatic mode to provide the necess-
ary three-axis stabilization of SERV from deorbit, through reentry, and down to the
landing interface. The system is activated prior to the deorbit maneuver to orient the
vehicle in its correct deorbit attitude, Attitude control is maintained throughout the
deorbit maneuver. When the vehicle penetrates the atmosphere, the pitch and yaw
attitude reference loops are opened to allow the vehicle to attain its aerodynamic trim
state induced by an offset CG. Rate feedback is maintained in all three axes to damp
oscillations which may be started due to perturbations in the trajectory.
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Figure 3. 5-4. Reentry Attitude Control

Guidance of SERV is achieved by rolling the vehicle about the velocity vector to distri-
bute the direction of the lift vector such that the proper reference trajectory is main-
tained. To minimize side slip, a portion of the roll rate signal is introduced into the
yaw channel to effectively coordinate the turn.

The controllability of the vehicle in response to winds was assessed by investigating
the attitude response characteristics for a family of 95 percent speed, 99 percent
shear buildup and backoff wind shear profiles peaking in the altitude range between
46, 000 to 26, 000 ft. Results of the wind response analyses are summarized in figure
3.5-5, which shows the nominal no wind angle of attack along with superimposed re-
sponses to representative cases of the wind profiles considered. The envelope of
peak wind induced angles of attack indicates that the maximum deviation from that of
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the no wind case is approximately 7 degrees. This oceurs for a wind profile peaking

at approximately 28, 000 feet. Also shown is the stability boundary for allowable angles
of attack in the worst case direction ( nose down). It is concluded from the results that
the vehicle has adequate stability margins for the assumed trim condition and that higher
trim L/D in the transonic/subsonic regions can be allowed if more maneuver capability
is required.
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Pitch attitude and trajectory time histories for the nominal maximum lift condition re-
sulting from a zero roll angle is shown in figure 3.5-6. These time histories represent
the vehicle response characteristics starting at an altitude of 159, 000 feet down to the
landing interface at 25, 000 ft. The CG shift trim maneuver starts at approximately

66 sec ( at which time the Mach number is 5.5) and is completed at 116 sec ( Mach 2,5).
The responses to the trim maneuver are smooth and well damped. Maximum activity
occurs during the transonic region. This region is characterized by highly varying
aerodynamic characteristics that produce the relatively high amplitude oscillation be-
tween 120 and 220 sec. The oscillations, however, are maintained within the control
deadbands.

Control of the reentry trajectory for SERV is achieved by modulating the L/D about the
vehicle velocity vector. Modulation of L/D in the pitch plane controls the range, while
modulating the lift vector in the roll plane controls crossrange. The maneuver commands
in the form of roll commands are generated by the guidance and navigation subsystem.
The control system accepts the roll commands and translates them directly into roll

body axis commands, achieving turn coordination by crossfeeding roll rate into the yaw
damper loop.

Typical responses of the vehicle to maneuver commands were obtained for the hypersonic/
supersonic region and for the transonic/subsonic region. ( See figure 3.5-7.) Step inputs of
20 degrees roll command were assumed in the hypersonic/supersonic region to simulate

the vehicle response to typical bank angle commands generated by the guidance and navi-
gation subsystem for the purpose of maintaining a reference trajectory. The responses

are smooth and well damped. Good turn coordination is achieved by the crossfeed method

by observing that the yaw angle of attack ( sideslip) remains small during the response.

Response in the transonic/subsonic region shows a constant roll rate command of 10 deg/
sec from Mach 3 down to approximately Mach 0.65. The constant roll rate is employed
to effectively average out the lift so that an effective ballistic trajectory is maintained in
this region. The purpose of doing this is to provide equal maneuver capability in any di-
rection for controlling drift due to winds. The roll rate for this example is commanded
to stop at approximately Mach 0.65, at which time the commanded roll angle is 90 degrees
to represent a typical crossrange error correction. Just before reaching the landing
interface, the roll angle is commanded to zero to illustrate the roll loop response char-
acteristics for a typical landing preparation maneuver. In general the responses, like
that in the hypersonic/supersonic region, are shown to be well damped and the limit
cycle amplitude is small. Here again it is seen that good coordination of the roll man-
euvers is provided by observing that the yaw angle of attack remains small during the
response.

3.5.3 LANDING CHARACTERISTICS
The landing mode of SERV, figure 3.5-8, is initiated when SERV approaches an altitude
of 25, 000 feet, at which time its velocity is approximately 325 ft/sec. At that point in

the trajectory the lift engine doors are opened and the engines started, with the ignition
sequence taking approximately 8 seconds of an available 40 seconds. The vehicle will
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continue to descend with the propulsion subsystem at idle thrust ( approximately 20 per-
cent of maximum), down to 15, 000 ft altitude, at which point the controlled descent is
initiated.

The controlled descent is achieved by an automatic system capable of landing SERV at
the preselected landing site from any point within a 4 nm radius. The landing system

is sized to safely land SERV through a 95 percent speed, 99 percent shear wind and with
one engine out, Translation control is achieved by simultaneously pitching the vehicle
and throttling the propulsion subsystem, Attitude control in the pitch/yaw planes is
provided by differentially throttling the landing propulsion subsystem,, and roll control
Ly the same reaction control subsystem used during reentry.

To provide the maximum safety for a manned landing, a manual override capability will
be added to the fully automatic system. Manual override will be used in an emergency
mode in the event that SERV fails to reach the vicinity of the primary landing site due
to improper reentry. During the manual mode the pilot will utilize an optical display
system along with an onboard navigation system to select an alternate site for landing
without hazard to life.

Because of the complex nature of the landing control dynamics, it was necessary to
develop a detailed landing simulation in order to adequately design and evaluate a
functional system. The simulation, which was developed on a digital computer, com-~
putes the motion of the vehicle in three coupled degrees of freedom: vertical trans-
lation, horizontal translation, and rotation; also included is an uncoupled roll degree
of freedom. The simulation contains a detailed representation of the propulsion system
and incorporates nonlinear aerodynamics. (See figure 3.5-9.)

The primary landing concept for SERV employs a fully automatic landing guidance and
control ( G&C) system which controls the descent of the vehicle to the preselected
landing site. Inputs to the system consist of a set of measurements of the vehicle
status obtained from an onboard navigation subsystem which is augmented by a set of
suitable ground based navigation aids located near the landing site.

A functional diagram of one plane of the landing subsystem is shown in figure 3.5-10,
There are three basic loops: altitude, range, and attitude. The altitude loop controls
the vertical descent by commanding an latitude rate issued by the guidance subsystem,
The commanded altitude rate is compared to the sensed altitude rate to form the error
signal. This signal is then processed to form the control command that is routed to
the propulsion subsystem. In a similar manner the range is controlled by commanding
a range rate, also issued by the guidance subsystem. This signal is compared to the
sensed range rate to form an error signal which is then processed to form an attitude
command, The attitude command signal is combined with the sensed attitude and atti-
tude rate to form the final control signal that is subsequently routed to the differential
throttles, of the direct-life gas turbine engines causing the vehicle to rotate to the de-
sired attitude, thus providing the originally commanded range rate,
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Guidance is achieved from a set of precomputed profiles that are stored in the guidance
computer. These profiles are established to satisfy the propulsion subsystem constraints
while minimizing fuel consumption. Functionally, the guidance profiles represent a set
of nonlinear gain functions that relate the instantaneous measured altitude and range to
the altitude rate and range rate commands.

A typical set of nominal responses for the maximum design condition is shown in figure
3.5-11. This case represents a condition where the vehicle is 4 nm from the landing
pad and encounters a 95 percent speed, 99 percent shear KSC design head wind profile
peaking at 12, 000 ft. The 3-degree-of-freedom digital computer landing simulation
was used to generate the response.
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Figure 3.5-11. Typical Landing Control Responses

Controlled descent starts at 15, 000 ft with touchdown occuring some 200 sec later.

As the vehicle descends, its velocity vector is forced from an almost vertical direction
to horizontal. At the same time the attitude is controlled to within +22 degrees from
the local vertical to ensure that the vertical propulsive forces can counteract gravita-
tional forces. With these conditions the vehicle angle of attack ranges from zero to
approximately 105 degrees. The peak aerodynamic disturbing moment during the land-
ing maneuver has been minimized by appropriately shaping the altitude guidance com-
mand profile so that dynamic pressure is reduced to a point where the vehicle total
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aerodynamic moment coefficient is maximum. This is illustrated by the dip in the dy~-
namic pressure at approximately 10 sec after landing initiation. The resultant peak
disturbing moment ( not shown) for this maximum design condition is only 50 percent

of the available control, indicating that adequate controllability is available. Total fuel
consumption for this case is 27, 900 pounds, which is used as the design fuel loading for
vehicle weight computation. The peak translation velocity during the landing is 170 ft/sec
referenced to the ground which is 240 ft/sec relative to the wind. The final lateral de-
celeration occurs when the vehicle is approximately 800 ft from the center of the landing
pad. Deceleration is shown to be smooth and well damped. The attitude response dur-
ing the final deceleration is well damped with the attitude error close to zero at touch-
down.

The most critical phase during a fully automatic instrument landing is the final approach
and touchdown. Accurate guidance, navigation, and control must be provided during this
phase so that the vehicle touches down with conditions which are within the design limits
of the vehicle. During the design of the guidance and control system, special emphasis
was placed on achieving satisfactory touchdown characteristics by designing well damped,
high accuracy control loops. Figure 3,5-12 shows the final approach trajectories for
various combinations of initial range errors and winds with the assumption that perfect
navigation is available, The summary table on this figure shows that the touchdown
characteristics for all combinations of winds and initial conditions analyzed are well
within the design requirements.
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Figure 3.5-12 illustrated the landing touchdown characteristics of SERV for the ideal
case of perfect navigation. During an actual landing, however, there will be some
measurement errors present. A sensitivity analysis was therefore performed to estab-
lish the relationship between navigation errors and touchdown dispersions. This was
accomplished by calculating a sensitivity matrix that transforms an appropriate naviga-
tion error model to a corresponding set of SERV touchdown dispersions, The 3-degree-
of-freedom digital computer landing simulation that was developed during the landing
studies was used to evaluate the sensitivity matrix.

Application of the sensitivity matrix method was made in analyzing a navigation scheme
currently being studied by the NASA Ames Research Center., The Ames system, called
RAINPAL ( Recursive Aided Inertial Navigation for Precision Approach and Landing),
consists of an IMU, a barometric altimeter, a set of ground based navigation aids, and
employs a Kalman filter algorithm programmed in an onboard digital computer for op-
timally combining data from the various sources. Preliminary error models of the
RAINPAL system for two different ground based navigation aids are tabulated in figure
3.5-13, Data on the left is for the precision ranging system ( PRS) ground based navi-
gation aid; the set on the right is for microwave scan beam ( MSB) ground based navi-
gation aid. The latter system is being presently considered as the future standard for
commercial aviation, The 30 landing touchdown dispersions of SERV corresponding
to the two navigation error models are tabulated on figure 3,5-13, along with the maxi-
mum allowable for SERV. Note that both navigation error models provide touchdown
characteristics that surpass requirements,

ASSUMED NAVIGATION ERROR MODELS SERV TOUCHDO WN CHARACTERISTICS
3-0 TOUCHDOWN DISPER-
RMS ERRORS AT TOUCHDOWN SIONS FOR 95% HEADWIND/
MEASUREMENT | PRECISION | MICROWAVE TOuCHDOWN | 4 NAUT M'LEER:S'RT IAL RANGE ALL'(‘)"Q)/:BLE
RANGING | SCANNING PARAME TER adivang
SYSTEM (PRS) | BEAM (MsB) PRS MSB
RANGE 15 FT 30 FT RANGE ERROR | 7.91 FT 94.7 FT 180 FT
RANGE RATE 0.5 FI/SEC | 0.60 FT/SEC
DRIFT RATE 1.88 FT/SEC | 2.58 FI/SEC | 5 FT/SEC -
ALTITUDE 1.5 FT 2.0 FT
SINK RATE 1.42 FI/SEC | 1.89
ALTITUDE RATE | 0.03 Fi/sec | 0.03 F/sEC / FT/SEC | 12 FT/SEC
ATTITUDE 0.0466 DEG | 0.0466 DEG ATTITUDE 0.487 DEG 0.749DEG | 2DEG

Figure 3.5-13. Effect of Landing Navigation Errors on Touchdown
Characteristics

3.5.4 ALTERNATE LANDING PROPULSION

The discussion so far has concentrated on the use of direct-lift gas turbine engines as
the primary landing propulsion. However, a rocket propulsion system is an obvious
candidate system and must also be considered. A comparison between the turbojet and
alternate rocket engine landing propulsion system was therefore made.
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For purposes of the comparison it was assumed that, using current technology guidance,
navigation and control hardware, SERV would be not more than 4 miles from a vertical
line above the desired landing pad when crossing the landing initiation interface. It is
recognized that an advance in guidance, navigation and control capability could reduce
the assumed landing interface error of 4 miles. Assessing the degree of reduction is
an area for further investigation.

Figure 3.5-14 summarizes the comparison between turbojet and alternate rocket engines
for the landing propulsion., Total landing system weight is shown as a function of range
for the two engine systems. The bar charts to the right show a breakdown of the inert
and propellant weights for the two systems at a range value of 4 miles for the turbojet
engine system and a range value of 2 miles for the rocket engine system.
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Figure 3.5-14. Rocket-Turbojet Comparison
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As the bars in figure 3.5-14 indicate, dry weight ( engines and associated hardware)
accounts for most ( approximately 66 percent) of the total weight for the turbojet system.
Approximately one-third of this weight is due to the overthrust ( engine out plus thrust
efficiency factor) requirement. The total propellant weight for the turbojet system
comprises the nominal propellant utilized during descent to 500 ft, the propellant
required during vertical descent over the final 500 ft, and the propellant required to
overcome winds and dispersions. This final propellant requirement comprises the

delta propellant for an applied thrust factor of 68 percent, plus the RSS of the delta
propellants due to winds and a lift coefficient of zero.

Total weight for the rocket engine system comprises mainly propellant ( approximately
88 percent). This propellant weight requirement is optimistic with respect to the turbo-
jet propellant requirement since no dispersions were considered, also, the vehicle was
allowed to translate until an altitude of 100 ft had been achieved. Figure 3.5-14 shows
that the rocket system has an advantage over the turbojet system for translation dist-
ances of less than 1.5 nm. Since attainment of landing errors of this small order is
outside the current technology for this type of application, the turbojet propulsion
approach was selected. Note that the turbojet system has the potential for a substantial
weight reduction by the application of hydrogen fuel.

3.5.5 CONCLUSIONS

From the foregoing discussion it is concluded that an L/D = 0.3 is adequate for ranging,
maneuverability, and maintenance of the ground rule for 3.0g reentry deceleration limit.
Data obtained from wind tunnel tests of scale models of representative SERV configura-
tions have demonstrated that SERV is aerodynamically stable throughout reentry and land-
ing, The retention of lift throughout the transonic and subsonic regions is beneficial in
counteracting vehicle drift due to the influence of winds., The landing maneuver can be
accomplished by direct-lift gas turbine engines, even under the most adverse conditions
of a 4-mile translation, 95 percent adverse winds and 1 engine out. An optimistically
sized alternate rocket engine system would have approximately one-third the translation
capability for equal system weight. An unmanned, fully automatic landing system has
been demonstrated by simulation. In view of the aforementioned factors, the direct-lift
gas turbine engines are feasible and have been selected for the recommended vehicle,
However, it must be stressed that the direct-lift gas turbines need to be further develop-
ed to the thrust rating necessary for a SERV application.
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Section 4

SUBSYSTEM DEFINITION

4.0 GENERAL

Subsystem design and analysis began with the baseline vehicle development ( Task 1),
progressed through a series of trade studies under concept evaluation ( Task 3), was
supported by model testing ( Task 2), and concluded under the final vehicle definition

( Task 4). Vehicle subsystems investigated during this course of study will be discuss-
ed here under the headings of structural, mechanical, propulsion, avionics and power.
In addition, a subsystem weight summary is given by way of introduction and summary.

4] SUBSYSTEM WEIGHT SUMMARY

The basic structural components analyzed are indicated diagramtically on figure 4.1-1.
All weight analysis results are consistent with the definitions listed here.

4.1.1 SUBSYSTEM WEIGHT COMPARISON

Table 4. 1-1 presents a comparison of the final configuration with subsystem weights
of the trade study baseline, the vehicle definition baseline, and the final sizing input
design. Note that from vehicle to vehicle, some characteristics are varying: config-
uration mission description, vehicle diameter, and of course, GLOW. However, the
total design analysis effort can be summarized grossly by considering the delta weight
of 41,201 pounds between the initial baseline used for the trade study and the final de-
sign used as input to the final sizing. This delta represents the weight growth not
only due to increased visibility into design details, but also the growth due to the in-
corporation of shuttle groundrules and the hybrid concept.

The 41, 201-pound weight change resulted from both trade study and detailed analysis
during the vehicle definition period. Figure 4.1-2 summarizes the changes by subsys-
tems, and highlights of the analyses including the following:

1) Structural changes were due to a continuing detailed analysis throughout the
study; a further breakdown of these charges is given later.

2) The types of base thermal protection were evaluated and an elastomeric
ablative material was selected over the AVCOAT ablator and the coated

columbium alloy reradiator.
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Table 4.1-1. Dry Weight Comparison of Selected Vehicle Alternatives

(Pounds)
Task 3 Task 4
Trade Studies Vehicle Definition Studies
Weight Item Task 3 :
Bascline Final Sizing Sizing Input Final
(9-8-70) (Task 4 B/L) Design Sizing
Configuration Description MURP MURP-PM MURP-PM MURP-PM
Hybrid Hybrid Hybrid
SERV Diameter 90 88 88 96
Primary Structure . 133,531 150, 349 148,297 200,018
Thermal Protection 31,636 23,208 20,438 24,695
. Landing Gear 12,000 11,689 7,711 11,631
Actuators for Doors . 3,000 2,997 4,419 5,405
Turbojet Engines 23,800 35,775 35,775 48,845
Turbojet Controls 2,000 2,574 2,574 3,146
Turbojet Tanks, Lines . 2,000 2,036 . 2,036 2,490
Propellant Feed, Press. 1,200 4,227 15,076 017,348
Avionics and Power 5,000 5,834 6,681 6,681
Aerospike Engine 76,000 84,346 - 83,930 110,804
Auxiliary Propulsion 5,000 5,089 5,573 6,071
Aerospike Doors 10,963 11, 464 ) 11,168 12,183
Contingency (10%) ‘ 30,715 33,959 34,368 44,932
Total Dry Weight 336,845 373, 547 378,046 494,249
GLOW 4,500,000 4,733,000 -——-- .6,050,000




336,845 LB TRADE STUDY BASELINE DRY WEIGHT

+14,766 STRUCTURE
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-4,289 LANDING GEAR
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................................................................... +]'|'975 TURBOJET ENGINES
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AEROSPIKE ENGINE +7,930

AUXILIARY PROPULSION +573

AEROSPIKE PROTECTION DOORS +205

CONTINGENCY +3,653 EZ S8

378,046 LB FINAL SIZING INPUT

3)

4)

5)

6)

7)

8)

Figure 4. 1-2, Subsystem Design Weight Change Summary

Thermal protection for the frustum sections was changed from jacketed
microquartz on localized areas to Inconel welded honeycomb on all areas..

The revised design of the landing gear and door actuators caused their
respective weight increases.

Reduced turbojet thrust efficiency and engine-out capability caused a sub-
stantial weight increase.

Better definition of propulsion subsystems and propellant feed hardware
caused this weight increase.

The incorporation of turbopump-out capability caused the aerospike engine
weight to increase.

Other weights increased due to better definition; it should also be noted

that all weights were affected, either directly or indirectly, by dimensional
and configuration changes as required throughout the study.
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4.1.2 STRUCTURAL WEIGHT COMPARISON

A similar comparison of weights for the structural items identified in table 4.1-1

is presented in table 4.1-2. Here, structural analysis results may be summarized by
examining the delta weight of 14, 766 pounds between the initial baseline for the trade
study and the final design value used as input to the final sizing.

Figure 4.1-3 summarizes changes by major assembly to yield the 14, 766 pound delta:

1)

2)

Increased depth of thrust ring and incorporation of weight changes related
to turbojet inlet doors, aerospike protection doors, and the joints and
baffles item below.

The kick rings were resized after stress analysis.

The lower shell was reinforced due to revised analysis which included
consideration of thermal gradients and discontinuity bending moments.

The inner and outer cylindrical bulkheads were reinforced to accommodate
revised analysis including consideration of concentrated landing loads and
discontinuity bending moments.

The lower LOg bulkhead and upper and lower LHo bulkheads were resized
after stress analysis and changed from membrane to honeycomb construction
to provide insulation.

The upper shell was reinforced to consider thermal gradients and equipment

penetration.

Table 4. 1-2. Structural Weight Comparison (Pounds)

Task 3 Task 4
I'tade studics Vehiele Definition Studics
Structural Item Task 3
Baseline Final Sizing Sizing Input Final
{9-8-70) (Task 4 B/ L) Design Sizing

Configuration Description MURP MURP-PM MURP-PM MURP-PM
Hybrid Hybrid Hybrid
SERV Diameter 90 88 38 96
Thrust Ring (A-B) 10,307 11,329 16, 460 20, 933
Kick Rings (B, D, d) 7,402 6,984 7.688 12.176
Lower sheil (B-C-D) 13,596 32,152 23.799 35,0492
Outer Cylindrical Bulkhead (D-H) 31,296 30,876 37,997 50,298
Lower LOy Bulkhead (F-O-B) 6,550 10,179 6,820 10,114
Upper Shell (J-1-J) 11,745 8,316 12.354 20, 953
Inner Cylindrical Bulkhead (J-M) 8,883 4,804 T.951 8,426
Upper LHy Bulkhead (J-K) 503 0 314 314
Lowcer LHy Bulkhead (L-G)y 1,935 2,209 3.989 5,036
Reentry Bulkhead (H-H-N) 18,524 22.155 13,632 14,824
Lift Kngine Support (N-H) 10,000 5,862 6. 683 8, 168
Joints, Balftles, Brkts., Lte. 12,790 15.483 11,010 13,634
Totals ' 133, 531 150,349 148,297 200,018
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Figure 4.1-3. Structures Design Weight Change Summary

7) The reentry bulkhead was resized after stress analysis, including a lower
value for dynamic load factor.

8) Lift engine supports were resized after stress analysis, and air intake ducts
were added.

9) Miscellaneous weights were re-allocated from the joints and baffles item;
ring-type baffles were added.

4.1.3 VEHICLE SIZING GROWTH FACTORS

In addition to establishing final configurations, the vehicle sizing program was utilized
to determine the effects of parametric variations in aerodynamic characteristics, aero-
spike engine performance, contingency factor and inert weights on vehicle size. These
effects are reflected in table 4.1-3 as resizing for propellant load and vehicle subsystem
weight.

4.2 STRUCTURAL SUBSYSTEM

Major design criteria and required inputs used in the analysis of the SERV structure are
summarized in table 4.2-1. The inputs were extracted from technical reference docu-
ments or calculated, utilizing study ground rules and baseline vehicle data. The struct-
ural analysis criteria were developed by cognizant personnel in a series of design review
meetings and/or obtained from the “Space Shuttle Design Criteria Document”, These
data vary from those used during the trade studies as follows: The factor applied to the
dynamic pressures on the reentry bulkhead was reduced from 1.5 to 1.1 because of use



Table 4. 1-3. Vehicle Sizing Growth Factors (Fixed Payload)

INDEPENDENT VARIABLE (X} dGLOW/ aX
INERT WEIGHT + 20.4 | LB/LB
CONTINGENCY + 95,470 LB/PERCENT
SPECIFIC IMPULSE FOR NOMINAL THRUST - 84,534 LB/SEC
SPECIFIC IMPULSE FOR NOMINAL FLOW RATE | -107,912 LB/SEC
THRUST FOR NOMINAL SPECIFIC IMPULSE - 49,825 LB/PERCENT
THRUST FOR NOMINAL FLOW RATE -503,733 LB/PERCENT
INITIAL THRUST TO WEIGHT(A:O.l) - 69,486 LB/0. 1
PERCENT ULLAGE + 62,590 LB/PERCENT
ASCENT VELOCITY REQUIREMENT + 621 LB/FPS
AUXILIARY VELOCITY REQUIREMENT + 780 LB/FPS
DRAG + 14,413 LB/PERCENT
LIFT FUEL + 16,2 | LB/LB

Table 4.2-1. Structural Analysis Approach
CRITERIA INPUTS

1.4 Structural Factor of Safety

1.1 Loading Factor Applied to Dynamic
Pressures on Reentry Bulkhead ( Note 1)

3G Maximum Acceleration for Ascent and
3G Maximum Deceleration for Descent

Shock Impingement Loading Applied Over
Upper Frustum

10 Percent Weight Contingency

Landing Impact of 2G Limit, 12 FPS
Vertical, at 2 Degree Attitude ( Note 1)

Allowable Buckling Stresses Computed
Per NASA Procedure Using Equivalent
Monocoque Technique

Ascent and Reentry Trajectory Data

Weight, Thrust, Drag
Ambient Pressure
Dynamic Pressure

Engine Performance Data

. Thrust

Base Pressure

Aerodynamic Data

Local Surface Pressure Coefficient

Vehicle Configuration Data

Geometry
Dead Weight Distribution
Internal Pressure

Note 1) These criteria differ from those used in trade studies.
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of actual wind tunnel data in the determination of design pressure distribution. The land-
ing impact of a 3g limit was reduced to a 2g limit as the result of a more refined analysis
of the landing phase.

4.2.1 STRUCTURAL ANALYSIS OF SHELL

The shell structure of the vehicle, which includes the upper and lower frustums and the
inner and outer cylindrical bulkheads, was synthesized as a series of conical and cylind-
rical segments joined at circumferential node lines. Figure 4.2-1 shows the idealiza-
tion of the upper frustum and is typical of the remaining shell structure. The heatshield
bulkhead consisted of a series of sandwich panels supported by a spider beam assembly
of major radial beams, short radial beams and cross beams. Attachment of the heat-
shield bulkhead to the inner and outer cylindrical bulkheads renders the complete vehicle
structure redundant. In order to include the heatshield bulkhead in the math model, it
was synthesized as an equivalent shell structure whose thickness and modulus of elasti-
city closely approximated the radial stiffness of the actual assembly.

1. MATH MODEL INCLUDES INTERACTION CAUSED
BY ADJACENT SHELLS (DISCONTINUITY EFFECTS)

2, MATH MODEL SOLVES REDUNDANT LOAD PATHS ON
BASIS OF RELATIVE STIFFNESS

pe———103.365

VEHICLE
! 98.010 q‘ .

‘4 3
Fl 143,574 3 '

5 NODE nt+l

12} 204 .887

266,685

F4

233.576 13 ) 13

370.050

Figure 4.2-1. Math Model Idealization of Upper Frustum

The computer program was used to analyze an axisymmetric shell structure by the finite
stiffness method. A stiffness matrix for each segment is constructed, based on the six
degrees of freedom illustrated in the auxiliary sketch of figure 4.2-1, and on the simple
plate characteristics which are equivalent to the actual sandwich., These segmental
stiffness matrices are then assembled, in the same manner as the actual structure is
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connected, to produce a total stiffness matrix for the vehicle. The stiffness matrix

is then inverted, resulting in the vehicle flexibility matrix. A load column is then con-
structed corresponding to each design condition ( or critical mission time point) for
which the vehicle is to be analyzed. Multiplying the flexibility matrix by the load column
results in a compatible set of nodal deflections for this landing. The deflections at the
nodes forming the end boundaries of an individual segment are then extracted and multi-
plied by the segmental stiffness matrix. The result is a set of internal loads acting on
the segment.

There are two major advantages gained by the application of the finite stiffness method

to the analysis of the SERV primary structure. First, the discontinuity effects arising
from the connection of two dissimilar shells of revolution; i.e., the upper frustum to

the inner cylindrical bulkhead, are fully evaluated in each shell provided the nodal spacing
in each shell, adjacent to the joint, is kept small enough to define the rapidly damped
bending moment distribution. Second, since loads are distributed as a function of com-
ponent stiffnesses, unique solutions are obtained for redundant structures.

Figure 4.2-2 presents the longitudinal normal frequencies for the SERV vehicle which
was derived from a dynamic model constructed by adding the two toroidal lower tank
bulkheads to the math model previously discussed. The dynamic model had a total of
116 degrees of freedom and was used to investigate four mass conditions for the free-
free case, a fully loaded vehicle at liftoff ( T = 0), the vehicle at the maximum dynamic
pressure time point ( T = 77 sec), the maximum longitudinal acceleration time point
(T =z 138 sec) and the vehicle with propellant tanks empty. The fully loaded vehicle
was also investigated for an on-pad condition. Figure 4.2-2 illustrates the mode shape
for a full vehicle in the free-free condition at an omega of 13. 154 radians per second,
and is presented as a typical example of the results. In general, it was found that the
membrane bulkhead was quite flexible compared to the primary structure and that the
bulkhead modes predominate at the lower frequencies. Figure 4.2-3 shows the results
of a preliminary appraisal of the structural/liquid dynamic model which reveals no sig-
nificant payload structural gain factor for a sinusoidal forcing function at the thrust
vector. Examination of the frequency/mode shape data, such as illustrated in figure
4.2-2, also showed no significant payload displacement relative to the tank bulkheads.
Nothing was found in this very preliminary type analysis to indicate that the SERV con-
figuration would be susceptible to POGO type instability, but a much more detailed anal-
ysis is recommended for future study.

In all cases, the sizing of the shell structure previously discussed is based on the use of
room temperature material properties. However, the weight of the thermal protective
system required to keep the structure at room temperature would be prohibitive. Figure
4.2-4 illustrates the method employed in arriving at the combination of thermal protective
system weight vs structural weight increase due to an actual thermal gradient that would
minimize the increase in total vehicle weight.

The diagram at the left of figure 4.2-4 illustrates the points on the lower frustum at
which the analysis was made. These points reflect changes in face thickness. Using
theory developed for long sandwich cylinders, the meridional and hoop thermal stresses
in both the inner and outer faces of the sandwich were calculated for a given temperature
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A X PAYLOAD /[ ST NODE

AMPLIFICATION FACTOR

FREE - FREE SUPPORTED
MODE FU MAX Q MAX.ACCEL EMPTY FULL
t=0 L =77 L =138 t=0

1 4.904 5.916 " 7.405 82.155 4.893

2 8.252 9.955 12 .462 123.507 8.196

3 10.276 12.215 15.053 132.122 10.269 Y AXIS

4 13.154 15.748 19.471 139.423 11.281

5 16.209 19.345 23.812 218.161 15.889

6 19.721 23.555 29.030 219.653 17.890

7 22.711 27.347 34.124 231.731 20.976

8 29.399 35.282 43.583 271.782 28.542 \\

laaaaaa X AXIS
Figure 4.2-2. Frequencies and Mode Shapes
0.028 |-
0.024}
MAX Q (t =77 SEC) 1% DAMPING
0.020
0.016}
0.012§-
0.008 |-
0.004}1
0 1 1 | 1 1 1 1 1 1
0 10 20 30 40 50 60 70 80 90 100

FREQUENCY - CYCLES PER SEC.

Figure 4.2-3. Payload Frequency Response
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Figure 4.2-4. Thermal Gradient Effects

gradient. The difference between the minimum allowable stress and the thermal stress

is thus equal to the magnitude of the stress that is available to carry primary airframe
loads. For a given ascent design condition, for which the internal loads were known,

the required thickness of each face could then be calculated. The percentage increase

in sandwich weight of the hot sandwich over that at room temperature was then determined.
Repeating this procedure for various temperature gradients provided one curve as shown

in figure 4.2-4 under the “structure only” label. Only the worst case portions of the
curves were drawn, so when in some cases the failure mode changed from tension to
intercell buckling, a discontinuity in the slope of the curve appears as in that for Point Y.

The weight of the thermal protection system, calculated as a percentage of the unit weight
of the primary sandwich structure, was also determined in terms of the temperature grad-
ient permitted to exist in the primary sandwich structure. These curves are presented in
figure 4.2-4 under the “insulation only” label.

At any value of temperature gradient, the percentage weight of the combined thermal
protection system and the structure was evaluated and plotted as the fish hook curves
under the “structure plus insulation” label. The minimum total vehicle weight increase
obviously results when the “structure plus insulation” curve is at the lowest point. In
general, it can be seen that, for the lower frustum, this occurs when only that amount
of insulation is pr%vided which results in a temperature gradient in the structure of
approximately 400 F.
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Data from analyses such as is illustrated in figure 4.2-4 was used to estimate the
weight of the thermal insulation system and the required structure in the upper and
lower frustum for subsequent use in the vehicle sizing program.

Each of the primary structural components of the. vehicle, with the exception of the heat
shield bulkhead, was sized on the basis of overall stability ( figure 4.2-5). Due to the
refinement in analysis made possible by use of the math model, the depth of analyses

of the shell structure was increased. The effects can be seen in the added structural
detail shown in figure 4.2-5. The local areas in which the foil thickness of the core is
other than the earlier target thickness of 0. 0020 inch reflect regions where high trans-
verse shear loadings due to shell discontinuity effects has made it necessary to increase
core strength. These same areas, without exception, also exhibit increases in face
thickness when compared to neighboring regions. These increases in face thickness
were also dictated by discontinuity effects.
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REENTRY SULKHEAD BEAM

LOWER LH, BULKHEAD SUPPORT STRUCTURE

REENTRY BULKHEAD

Figure 4.2-5. SERV Structural Arrangement

4.2,2 STRUCTURAL ANALYSIS OF REENTRY HEAT SHIELD

The heat shield assembly consists of Honeycomb panels supported by a spider beam
arrangement of structural beams. The heat shield configuration with the panel design
pressures superimposed is shown on the left of figure 4.2-6. The panel design pressures
were calculated by averaging the node point pressures which were calculated using
pressure coefficient data extracted from the preliminary aerodynamic criteria generated
for use in the sizing program. Using these pressures, the Honeycomb panels were ideal-
ized as circular sectors and rectangular shapes. The assumed pressure distribution at
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the structural beams is shown at the right of fif:urg 4,2-6. A 500°F operating tempera-
ture was considered in the panel analysis. A 200 F temperature gradient across the
panels yielded a 10% weight penalty.

MAJOR RADIAL

CROSS

SHORT RADIAL

PANEL DESIGN PRESSURES PRESSURE DISTRUBUTION TO BEAMS

Figure 4.2-6. Reentry Heat Shield Pressure Distribution

Figure 4.2-7 illustrates the reentry heatshield beam structure and presents panel
thickness details of interest.

REENTRY BULKHEAD
SUPPORT STRUCTURE

» PHI5-7 Mo WELDED SANDWICH PANEL
e 0.50-IN. SQUARE CORE CELL
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PANEL | THICKNESS | THICKNESS .

NO. N} m.)
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. 3,24 .72 0,015
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8,19 192 0.015
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it 273 0.015
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3,3 1.58 0.0t5

LIFT ENGINE
EXHAUST DOOR

Figure 4.2-7. Reentry Heat Shield Structural Arrangement
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4.3 MECHANICAL SUBSYSTEMS

The method of actuation and sealing of the aerospike protection doors and the gas turbine
inlet and exhaust doors are discussed in this section. Details of the four landing gear
assemblies are also presented.

4.3.1 DOOR ACTUATION AND SEALING

The aerospike door system ( figure 4.3-1) comprises 16 doors arranged circumferent-
ially around the SERV. Each door interfaces with the vehicle at the forward and aft

ends, and with adjacent doors at the sides. Sixteen linear actuators are positioned at

the optimized one third door length point, with one actuator located at each door interface.
Actuation of the mechanism generates circumferentially in-line loads along the door diam-
eter. This axial load is sufficient in magnitude to effect a radial inboard or outboard
force to overcome the flight load at the time point in question. The result is an inboard
or outboard door movement caused by a diameter change at the actuator line, Support
beams to take the axial loads generated by the actuation mechanism in opening and clos-
ing the doors are installed circumferentially in line with the actuator forming a hoop.

The aerospike door actuation system is formed by the actuator/beam combination and

is essentially an expanding hoop when opening, and a shrinking hoop when closing.

LINEAR ACTUATOR
ASSEMBLY

AEROSPIKE DOOR
(TYPICAL 16 PLACES)

LOAD SUPPORT BEAM
(TYPICAL)

AFT VIEW OF SERV LOOKING FORWARD

= = | . -
e X —

DOOR CLOSED DOOR OPEN

Figure 4.3-1. Aerospike Door Actuation
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A high temperature silicone seal ( RTV 560), in combination with the door geometry and
positive locks, is employed to effect the aerospike door seal ( See figure 4.3-2.). The
door-to-door interface seal is made by employing a tongue and groove design such that
when the door is drawn to the closed position the silicone is compressed and wedged to
the conformity of the door. The door forward hinge seal is accomplished by the door
forward edge compressing the silicone seal ( installed on the vehicle structure) as the
door approaches the closed position, The silicone seal in this case is a continuous band
installed on the vehicle structure at the door forward interface. The door aft interface
lock and seal arrangement includes a high temperature silicone seal along the aft end
and inboard corner of the door panel. The SERV structure is designed to receive the
door by implementing a groove and step design to ensure a seal over any imperfections
or uneveness in the seated interface between the door and the structure. All of the door
seal configurations have the wedging and compressing characteristics to effect a positive
seal over imperfections in the interface structure. A positive lock and seal compression
effect on the aft interface is accomplished by means of a spring lock actuation device
installed in a structure cavity., As the door closes, a trunion attached to the door struc-
ture engages with the locking device, activating the spring and causing the door to be
snugged into place. Six locking devices per door ensures a uniform interface seal.

VEHICLE FORWARD
STRUCTURE

SILICONE SEAL

VEHICLE AFT STRUCTURE
(BASE SHIELD)

SILICONE\

SILICONE SEAL

3\ A

SECTION B-B SECTION C-C SECTION A-A

DOOR SPLICE DOOR AFT LOCK AND SEAL DOOR FORWARD HINGE
AND SEAL

Figure 4.3-2. Aerospike Door Sealing
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The lift engine air intake doors are located in the thrust ring forward of the aerospike
engine. A spring system is combined with solenoid activation to accomplish door opening
( figure 4.3-3). Solenoids activate a spring loaded cannister that releases positive door
locks, thrusting the door open to air flow. Air flow causes the door to open to the fully
extended position, the opening speed being controlled by a snubbcr device. The snubber
device consists of a screw jack rod with a ratchet and shock absorbing lock to prevent
the door from closing or slamming open. Silicone seals ( RTV560) are employed on the
perimeter of the door frame. The typical frame and door interface is set at a 45-degree
slope with a step groove to ensure compression of the silicone seal in effecting a proper

fit over any small structural imperfections.

(SS
DOOR '\
FULLY OPEN

OPENING SPEED REGULATOR

N\

DOOR LOCK

SPRING ACTUATIOh/I
AIR
FLOW i i
| I
SECTION A-A

SILICONE SEAL

TYPICAL DOOR INTERFACE

Figure 4.3-3. Actuation and Sealing of Lift Engine Air Intake Doors

The four lift engine exhaust doors employed for four banks of lift engines are located

in the reentry base shield radially equidistant in four quadrants|( See figure 4.3-4.).
Electrically powered screw jacks are used to push the door downward into the air flow,
maintaining an even plane. A cable pulley system subsequently causes each door to move
laterally inboard on a track system, exposing the lift engine banks. Four one-half horse-
power motors and two one horsepower motors per bank are employed for the door down-
ward and inboard movements. A silicone seal ( RTV560) is installed along the door
perimeter and aft corner and interfaces with the vehicle at a 15-degree stepped slope.
Positive locking action is employed by a spring latching system that lifts the door against
the seal interface thereby effecting a compressing wedging action,
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Figure 4. 3-4. Actuation and Sealing of Lift Engine Exhaust Doors

4.3.2 LANDING GEAR/DOOR SUBSYSTEM

The selected landing gear system is essentially a linear actuator arrangement enclosed
in a canister mounted in the LOZ/LHZ common skirt, (See figure 4.3-5.) The system
is actuated mechanically and effects opening of the base shield door and extension of the
gear housing. An electric motor provides mechanical power. After full housing exten-
sion, a hydraulic accumulator replenishes the shock absorber cylinder, causing it to ex-
tend to the active position giving full extension to the landing gear assembly. At touch-
down, oil is bled back into the accumulator by means of the shock stroke. The gear is
designed to accept a 2g deceleration, and a 12-ft/sec vertical velocity, at a 2. degree .
attitude, Cear assembly support is achieved by locating the main gear housing ( canister)
within the SERV outer cylindrical bulkhead skirt. The skirt takes the vertical load and
a percentage of the resulting moment. An attachment is also made to the side wall of
the main gear housing by means of a structural tie to the base shield support beams.
This provides the remaining resistance to gear moment at touchdown and support for

the base shield beams during flight.
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Figure 4.3-5. Landing Gear/Door Subsystem

4.4 PROPULSION SUBSYSTEMS

Design and analysis of the propulsion subsystems were performed in sufficient detail
to support the investigation of the key feasibility issue of weights. Six subsystems
have been identified and the first four make up the ascent main propulsion subsystem

group:
1) Twelve-module aerospike engine 5) Auxiliary propulsion

2) Main propellant feed, fill and drain 6) Landing main propulsion
3) Main propellant pressurization and vent 7) Alternate ascent propulsion

4) Main propellant recirculation and engine
purge

In addition, use of high-pressure bell engines as an alternate ascent propulsion sub-

system was investigated.

4.4.1 ASCENT MAIN PROPULSION

The four ascent main propulsion subsystems are shown in figure 4.4-1. As described
previously, the aerospike engine has a sea-level thrust of 7.45 million pounds and spec-
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ific impulse values of 348 sec and 467 sec at sea level and vacuum, respectively.
The 12-module engine has several special features including interconnection of
engine modules on the high pressure side of the turbopumps and a turbopump over-
speed capability to provide for turbopump failures without deterioration in engine
performance. In addition, the engine is capable of throttling to 2 minimum thrust
level of 18 percent of nominal and differential throttling of + 15 percent without ex-
ceeding minimum thrust level. (The SERV flight trajectory limits vehicle accel-
eration to 3g, which requires primary throttling of the acrospike engine to approxi-
mately 20 percent of nominal thrust.)

l VEHICL t
PROPUL SION
SURSY STEMS

LEGEND

VENT VALVES (4)

CONTROL VALVES (4)
RELIEF VALVES (4)

FILL AND DRAIN VALVES (8)
QUICK DISCONNECT (12)
PRESSURANT FLOW CONTROL VALVES (4)
PRE-VALVES (24)

LOW PRESSURE PUMPS (12}

9 TURBINE DRIVES (12)

10 HIGH PRESSURE PUMPS (12)
11 GAS GENERATOR (12)

FROM OTHER g FROM OTHER 12 GG CONTROL VALVES (48)
I_ MODULES MODULES 13 MAIN VALVES (12)
- 14 HEAT EXCHANGER (24)
15 PRESSURANT COLLECTOR (2)
16 CHECK VALVES (26)
17 FILL AND DRAIN LINE VENT (8)
18 MIXTURE RATIO CONTROL VALVE (12)
19 PUMP OUT VALVE (12)
20 COMMON MANIFOLD (CONNECTING

ALL MODULES)
21 RECIRCULATION PUMP (6)

VN AWN ~

N
T0 ENGINE §
BASE )

AEROSPIKE
ENGINE MODULE
(TYPICAL - 12 TOTAL)

m—————————— —

Figure 4.4-1. Schematic Diagram of the Ascent Main Propulsion

Propellants flow to the 12 modules from 24 sumps, 12 in each of the main tanks.
Level sensors are provided in each tank at several locations to ensure a fuel-rich
depletion cutoff. However, this provision is a backup because normal cutoff (fuel
rich) is commanded when orbital velocity is attained. Fluid residuals include pro-
pellants trapped in engine lines, main feed lines and recirculation subsystem lines,

as well as liquid residuals and pressure gases in the main tanks. All hydrogen

liquid residuals are vented in orbit while maintaining tank pressure at 5 psia. Oxygen
liquid residual is allowed to boil off and elevate the oxidizer tank pressure to 15 psia,
which results in an increase in pressurant weight between burnout and reentry; the
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remaining oxygen liquid residual is vented in orbit. (The APS contains a sufficient
quantity if hydrogen to re-pressurize the main fuel tanks during reentry and landing,
when it is transferred into the pressurant category.)

Prevalves are located in each feed line to eliminate the possibility of draining either
main propellant tank in the event of a feed line rupture and to allow for propellant

shutoff in the event of a turbopump failure. A double-redundant recirculation system

is installed on each main tank for propellant conditioning during launch operations.
Propellant fill and drain is provided by means of four lines for each propellant.

Double -redundant valving is provided to vent the fill lines during flight. The aerospike
engine is provided with an inert gas purge prior to introducing liquid propellants . Purge
gas is supplied from the same high-pressure helium supply used to fill a pressurant

tank in the APS.

The pressure and pressurant requirements for the Task 4 baseline vehicle were used
to size the pressurization subsystem, a constant gauge pressure system at 5 psig for
LHy and 10 psig for LOy. The autogenous concept was chosen for each propellant;
this concept utilizes heat exchangers in main engine turbine exhaust lines, a gaseous
pressurant collector, redundant distribution lines and flow control valves located at
the pressurant distribution locations at the top of each tank.

4.4.2 AUXILIARY PROPULSION

The auxiliary propulsion subsystem (figure 4.4-2) serves multiple functions as
follows:

° Ascent roll control e Deorbit

° Orbit circularization e Reentry attitude control

] On-orbit station keeping e Main propellant tank repressuri-
° Orbit-to-orbit maneuvering zation during reentry

° Attitude control for orbit-to-orbit e Propellant supply for fuel cells

maneuvering

The subsystem is made up of four basic assemblies: propellant tankage, pressuriza-
tion and acquisition; propellant conditioning; propellant distribution; and thrusters,

All components except for tankage, distribution lines and thrusters are triply redundant
since crew safety is dependent on its operation. Each component function will be
operational after two failures of that component.

Performance and propellant requirements for the APS are based on a thruster I of
460 sec and an equivalent system Ig of 400 sec. APS propellant tankage is located
on the interior of the SERV main propellant tanks. A gaseous helium pressurant is
incorporated for the oxidizer, while an autogenous hydrogen pressurant is employed.
Hydrogen pressurant conditioning is accomplished by coiling tubes around the pro-
pellant conditioning gas generator to vaporize the cryogen. Approximately 2 percent
of the hydrogen is required as pressurant.
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14,  GAS GENERATOR (TYP)

15.  GAS GENERATOR CONTROL VALVE (TYP)

16, NON-BURNING PROPULSIVE VENT

17.  NON-PROPULSIVE VENT

18, GASEOUS OXYGEMN ACCUMULATGR

i9. .GASEOUS HYDROGEN ACCUMULATOR

20. THRUSTOR CONTROL VALVE, FILTER AND 15GLATIGH ASSY (TYR)
21, THRUSTOR (TYP)

22, CONDITIONING UNIT START ACCUMULATGP (TYP)
23, CHECK VALVE ASSEMBLY (TYP)

24, HYDROGEN PRESSURIZATION LOOP

Figure 4.4-2. Schematic Diagram of the Auxiliary Propulsion Subsystem

Each APS propellant conditioning assembly consists of two sets of independent gas
generators, one feeding a turbopump and the other providing hot gases for input to a
heat exchanger for vaporizing and heating the cryogenically stored propellant. The
turbine outlet gases are also used as secondary inputs to the heat exchanger. Oxidizer
and fuel conditioners operate independently on a demand basis when the propellant
accumulator pressure drops below a specified minimum value. Propellant distribu-
tion is accomplished via high pressure accumulators and ring line distributors.

APS thrusters are located in four modules of five nozzles at equidistant points around
the maximum vehicle diameter. Two thrusters in each module are pointed forward,
parallel to the vehicle longitudinal axis, one is pointed downward and the remaining
two oppose each other in a tangential direction for roll control. Redundant operation
is supplied for all axis maneuvers in pitch, yaw or roll. The eight forward-facing
thrusters (two in each module) are used to provide the impulse necessary for orbital
maneuvers and SERV deorbit,

A connecting link with redundant valving is supplied between the APS gaseous hydrogen
accumulator and the main tank gaseous hydrogen pressurant collector. During reentry,
the APS hydrogen conditioner is utilized to provide pressurant for repressurization of
the main hydrogen tank.

Additional connecting links join the APS gaseous propellant accumulators and vehicle

fuel cell units with redundant regulators and valving. Fuel cell propellant supplies
are stored in the APS tanks.
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4.4.3 LANDING MAIN PROPULSION

This subsystem (figure 4.4-3) is made up of turbojet lift engines and associated
tankage, feed lines, and start and control equipment.

1

FUEL TANK
PRESSURANT TANK
REGULATOR ASSEMBLY
PRESSURE RELIEF VALVE
VALVE ASSEMBLY
QUICK DISCONNECT
FUEL TRANSFER LINE

SECONDARY TANKAGE
FOR FUEL (FOR CG OFFSET SHIFT)

FUEL DISTRIBUTION MANIFOLD

CICICICICICIOLC,

v v Qg&v v

Figure 4.4-3. Schematic Diagram of the Landing Main Propulsion Subsystem

ENGINE THROTTLE VALVE
(D THRGTTLE CONTROLLER ASSEMBLY
(1D TURBOJET LIFT ENGINE

(3 STARTER ASSEMBLY

(D CHECK VALVE

® @

The turbojet lift engines identified for SERV are based on development work done by
the Detroit Diesel Allison Division of General Motors Corporation in collaboration
with Rolls-Royce. An engine with a thrust of 10, 000 to 25,000 pounds and a thrust-to-
weight factor of 17 to 20 is within present technology capabilities.

Jet engine thrust requirements are based on worst operating conditions for translation
by differential throttling through maximum opposing winds with one engine out and max-
imum aerodynamic forces. This worst condition requires a thrust equal to 116.8
percent of SERV weight and occurs during a portion of the flight when approximately

80 percent of the loaded jet fuel is still on board. A thrust efficiency factor of 80
percent is also applied to account for inlet pressure loss and air temperature effects.

Jet fuel and tankage requirements are based on flight simulation for the worst opera-
tion conditions as defined in the foregoing paragraph; an all-nominal flight would
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leave a jet fuel residual of approximately 12,000 pounds. Fuel tankage is arranged
so that all of the fuel is on one side of the vehicle at the beginning of reentry, thereby
supplying an additional cg offset, and can be moved to the opposite side prior to the
landing phase to minimize thrust unbalance requirements. TFuel transfer is provided
via 6-inch lines with a tank pressure driving force.

The fuel transfer lines serve as fuel distribution lines during engine operation, with
feeder lines to each engine that are flow controlled by electro-pneumatic devices.

4,4.4 ALTERNATE ASCENT PROPULSION

One of the trade study tasks was the identification of a SERV configuration propelled

to orbit by high pressure bell engines as an alternate ascent propulsion method.

The general features of the alternate SERV are shown in figure 4.4-4. Apart from
adaptation of the high-pressure bell engines there are other departures from the
aerospike propelled version. These differences include: relocation of the direct-lift
gas turbine engines; the method of air intake and routing of air to the direct-lift gas
turbines; and a reduced number of doors and associated mechanisms. However, the
most significant change is in the method of transferring thrust loads into the structure,
(See figure 4.4-5). The depth of analysis performed on this alternate configuration was
limited by available study resources and it is recommended that a more detailed analysis
be performed to positively establish the potential of the configuration.

THRUST STRUCTURE
BELL ENGINE
(12 PLACES) LOX LINE  LHy LINE HEAT SHIELD

DEORBIT AND RCS ENGINE
ASSEMBLY (4 PLACES)

LIFT ENGINE AIR INTAKE

PERSONNEL

/ MODULE

TURBOJET
LIFT ENGINES CARGO HOLD

(15 FT DIAME TER)

LHy TANK

LOX TANK

REENTRY SHIELD
AND DOOR SUPPORT
BEAM ASSEMBLY

LANDING GEAR
(4 PLACES)

LIFT AND DEORBIT
ENGINE FUEL
CONTAINER LOCATIOM

BELL ENGINE DOOR
(12 PLACES)

LANDING GEAR DOOR S LIFT ENGINE EXHAUST
(4 PLACES) .l DOOR (4 PLACES)

Figure 4.4-4. Vehicle Arrangement with Bell Engine Ascent Propulsion
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(LH5)

DEORBIT ENGINE
ASSEMBLY (4 PLACES)

THRUST STRUCTURE
"

I OUTER CYLINDRICAL

MMD BULKHEAD

\
\HEAT SHIELD

/ L__ _T\J \ BELL ENGINE (12)
i \

AIR INLET

TURBOJET LIFT
ENGINES (9)
(4 PLACES)

EXHAUST DOORS
(4 PLACES)

BELL NOZZLE

EXTENSION AT
ALTITUDE
ENGINE PROTECTIVE
\ DOORS AND LIFT ENGINES

! ! AIR INTAKE

Lo

Figure 4.4-5. Engine Compariment Arrangement

4.5 AVIONIC AND POWER SUBSYSTEMS

The SERYV integrated avionic subsystem (I1AS) includes all vehicle operational subsys-
tems as on integrated scheme with an on-board digital computer as the focal point of oper-
ation. (See figure 4.5-1.) Most of the IAS components considered for this system are
either a direct fallout of the Saturn/Apollo program or are available off-the-shelf. No
major development is required to design the components not presently available since
current technology is sufficient. Errer analyses have shown that the selected compo-
nents for IAS are capable of meeting the imposed SERV performance accuracy require-
ments for flight and landing.

A gimballed platform has been selected because of the large amount of experience with
such platforms. Sun sensors, star trackers and horizon seekers will be used to provide
attitude reference while SERV is in orbit.

The 1AS subsystem is subdivided into the following functional elements:

Guidance and Navigation
Vehicle Flight Control

Data Management
Communications

Power Generation and Control
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The functional relationship of these elements is shown on figure 4.5-1.

The data management ( DM) subsystem includes a digital computer, signal interface
units, a data distribution network and a digital recorder.

The data analysis unit ( DAU) scheme of interfacing can be considered a form of data
compression since each of the estimated 60 DAU’s will monitor an assigned group of
transducers or subsystems for limit comparison. Normally the only data transmitted
from the DAU to the DM Computer would be an out-of-tolerance condition of a flight
critical measurement.

An operational communications subsystem will provide SERV with tracking capability

for rendezvous and landing, command link for transmission and navigation updates, ve-
hicle status data transmission for remote display, and remote link for vehicle subsystem
control.

The RF links required can be implemented using existing aerospace qualified RF commu-
nications equipment.

The power subsystem block diagram, figure 4.5-2, shows the overall concept. This
subsystem supplies: 1) power from the auxiliary source for heavy, short-duration loads;
2) power from the normal source for continuous or intermittent, moderate loads; and

3) power from the emergency source for peak normal or emergency loads.

RATING | 5.5 | PEAK
e TOTAL DRY WEIGHT - 5304 LB SOURCE (KwW) [ (KW)
e TOTAL ENERGY - 518 KWH NORMAL -DC 20 ©
—_— AUXILIARY-AC | 134 | 600
| I EMERGENCY-DC | 3 6
TURBINE-ALTERNATOR (4) ToTAr 75T 5
I | AUXILIARY POWER |
l SOURCE | _PRIMARY
| 1050 LB H POWER
[ l LOADS
| BATTERY (2) N =" - I
| ] EMERGENCY POWER POWER - CONDITIONING
‘ SOURCE —=|  DISTRIBUTION |
GROUND 1 500 LB 2174 LB 415 1B
POWER + (INCL. SECONDARY)
SOURCE I FUEL CELL (4) SECONDARY l SECONDARY
I =1 NORMAL POWER ‘ POWER POWER
SOURCE , DISTRIBUTION | LOADS
| 550 LB |
PROGRAMMED l CONTROL |
CONTROL
& MANUAL CONTROL H—— LOGIC PROCESSING AND
REQUIREMENTS | DISTRIBUTION
| T 2518 430 LB |
1 svsrem SIGNAL ! SYSTEM
|| sionaL PROCESSING AND | STATUS
| SOURCES DISTRIBUTION MONITORING
— — e - _1

Figure 4.5-2. Functional Diagram of Power Subsystem
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The primary and secondary power distribution networks includes overload protection
devices, buses, bus switching devices, load switching devices, bus transfer devices,
and cables.

The power conditioning components include inverters, dc-to-dc converters, regulators,
etc., necessary to provide the proper voltages and frequencies to the various loads.

The control processing and distribution network distributes control signals to the vari-
ous devices of the power distribution network. The network accepts digital multiplexed
signals from the internal control logic and the external on-board computer, and provides
appropriate signals to power-handling components.

Provisions will be included for connection of a ground power source that will be capable
of supplying all power necessary for preflight operations on the ground. While in orbit,
the SERV power subsystem is self-supporting and power from external sources is not
required.

The weights of the power subsystem components are shown in figure 4.5-2. The power
subsystem weight includes plumbing, charge and control units, installation hardware and
allowance for structural supports.

4.5.1 NAVIGATION ERRORS

Figure 4.5-3 shows the error ellipses in the downrange and crossrange plane for two
different times of IMU update. The worse case ( 1200 sec before deorbit) shows a down-
range error of 1.88 nm and a crossrange error of 2,45 nm. The figure shows that if
update can be delayed to 240 sec before deorbit, then the errors can be reduced by ap-
proximately one-half.

Further improvement can be made by reducing the IMU navigational error, which is a
major contributor to the total error. One of the two large sources of IMU error is that
caused by the accelerometer bias. If the processing of accelerometer data is delayed
until just before deorbit (with the exception of the time during reentry) the IMU

error can be significantly reduced. Similar improvements could be made if PIGA type
accelerometers were to be used, since this type causes bias errors which are an order
of magnitude smaller than those specified for the Honeywell platform. Figure 4.5-3
shows a comparison of the error ellipses and indicates that in both the downrange and
crossrange, IMU errors can be reduced by almost 0.5 nm.

Table 4.5-1 presents a summary of an error analysis of the SERV guidance and naviga-
tion ( G&N) system based on the standard 110 nm reference orbit.

The major sources of landing error which cannot be nulled by maneuvering can be attrib-
uted to:

e Inertial measurement navigational errors due to the IMU hardware
tolerances. This source is a major contributor to navigation error.
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Figure 4.5-3. Navigation Hardware Error Ellipses vs “Time of IMU Update”

Table 4.5-1.

SERV Reentry Error Summary

(30 Range Error at 25,000 ft altitude)

Range Errors (NM) for IMU Update

Error Source (1) 20 Minutes Prior (2) At 168,000-Ft
to Deorbit Altitude
Downrange | Crossrange Downrange | Crossrange
Tracking Radar 0.26 0.86 0.01 0.01
Navigation IMU 1.88 2.47 0.12 0.12
Guidance/Steering (Est) 1.50 1.50 1.50 1.50
(a) RSS Totals 2.42 3.02 1.51 1.51
(b) Navigation Computation 0.20 0.02 0.20 0.02
Arithmetic Sum of (a) and (b) 2,62 3.04 1.71 1.53
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e Initial state vector errors ( position and velocity) of SERV orbit at
the time of last update. The magnitude of these errors considered
the Manned Space Flight Network ( MSFN) for ground updating.

e Guidance or Steering laws used.

e Bias-type navigation errors resulting from the numerical integration
techniques used in the computer navigation logic.

Each of these error sources are listed in column 1 of table 4.5-1. An alternate method
exists for determining the initial state vectors for the orhit parameters in orbit navigation.

Based on present state-of-the-art accuracy of vertical reference sensors such as horizon
seekers, the navigational error to 25, 000 ft will exceed the 4 nm landing maneuver capa-
bility. As a result, a supplement is required for this navigational scheme. Orbit state
vectors are measured by onboard equipment of SERV and used by the IMU to navigate from
deorbit to the reentry interface. When SERV appears near the horizon from the landing
site, a ground radar tracks it to establish position. Upon coming out of communications
blackout, a radar uplink relays position information to SERV that is designed to reduce

the existing navigational errors to within the required + 4 nm by the time the landing phase
commences ( 25, 000 ft altitude) .

If a method for on-orbit navigation is used whose system errors are less than the
SERV maneuver capability, SERV can come within 3¢ values of 1. 71 nm downrange
and 1.53 nm crossrange. Table 4.5-1 summarises all error sources.

Column 2 of table 4.5-1 shows the increase in landing accuracy that results if an update
of state variables is made using ground tracking located at the landing pad. The update
would be made after SERV emerges from the communications blackout region.

4.5.2 DATA ANALYSIS UNIT

A data management technique to reduce data handling in the SERV computers was ident-
ified in this study as the Data Analysis Unit ( DAU). (See figure 4.5-4.) The DAU is
capable of:

1) Asynchronously monitoring all the test points assigned to it in a
repeating cycle at the DAU clock rate.

2) Making boundary limit comparisons on each measured test point.
These comparisons will include high and low limits as well as the
action response time within which a measurement should complete
its action when stimulated; e.g., thrust buildup of an engine or
speed variations of a turbine alternator.

3) Issuance, to the onboard computer, of failure flags when boundary
limits are exceeded. These flags would be of varying priority levels
to allow for flagging, on a priority basis, of selected measurements
related to potential vehicle failure.
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Figure 4. 5-4. Data Analysis Unit (DAU)

The technique of reporting black box failures by exception to the main computer can be
considered as a form of data compression.

The DAU memory is addressable from a keyboard or from the onboard computer.
Changes to the measurement boundary limits can be made to reflect changes in vehicle
mission assignment or in vehicle operational status. Thus, checkout evaluation criteria
can be entered into the DAU memory to be compatible with their respective operational
phases. A schematic of the DAU is shown in figure 4.5-4.

4.6 RELIABILITY

A reliability goal was established to gain some insight into any potential reliability
problems that could cause a major perturbation in the SERV study, (See figure 4.6-1).
This goal was budgeted to the subsystems so that individual measures of desired reli-
ability performance would be available with which to evaluate the reliability character-
istics of each subsystem. A reliability goal was chosen that would be both realistic
and cost effective; the goal of 0.990 satisfied both of these criteria.
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The 0.990 SERV reliability goal has been allocated to three major mission phases.
( Note that in a scries operation: 0.996 x 0.996 x 0.997 = 0.990.)

The mission phase reliability was, in turn, further allocated to principal subsystems
required during the mission phases. An allocation then becomes a subsystem goal.
Note in figure 4.6-1 that current reliability estimates for the acrospike and the turbo-
jot, respectively, is below the allocated requirement. This requirement is based on
no turbopump-out and no engine-out capability. The studies show that no reliability
problems arce foreseen in achieving the goals on the other subsystems shown in figure
4.6-1,

Table 4.6-1 compares the allocated reliability ( goals); the estimated reliability which
can be attained using the Rocketdyne and Allison values with no turbopump-out and no
engine-out, and the estimated reliability again using Rocketdyne and Allison values with
turbopump-out and engine-out capability. The effect and importance of designing SERV
with turbopump-out and engine-out capability shows that the goals can be met and these
engine subsystems are designed with this capability incorporated.

SERV
RELIABILITY
0.990
LAUNCH ON-ORBIT LANDING
(375 SEC) (1-7 DAYS) (367 SEC)
0.996 0.996 0.997
12 AEROSPIKE ALL OTHER REACTION 36 TURBOJET ALL OTHER
MODULES SUBSYSTEMS — CONTROL AND ENGINE SUBSYSTEMS
DEORBIT
0.9963 0.9998 0.9991 0.9980 0.9995
ALL OTHER
| SUBSYSTEMS
0.9970
EACH EACH
MODULE TURBOJET
0.9997 * 0.99995**

* ESTIMATED RELIABILITY
FOR SINGLE MODULE = 0.9975
FROM NR DATA

** ESTIMATED RELIABILITY
FOR SINGLE TURBOUJET = 0.999¢
FROM ALLISON DATA

Figure 4.6-1. Allocated Reliability by Mission Phase and by Subsystems
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Table 4.6-1. Comparison of Estimated SERV Reliability With and
Without Turbopump-Out and Engine-Out Capability

RELIABILITY LAUNCH ON-ORBiT LANDING TOTAL

ALLOCATED 0.9960 0.9960 0.9970 0.990

ESTIMATED NO
TURBOPUMP-OUT AND |

' | .950
TURBOJET ENGINE-OUT 0.9690 0.9960. 0.9853 0
CAPABILITY
ESTIMATED WITH
TURBO PUMP-OUT AND 0.9997 0.9960 o 998 900

TURBOJET ENGINE-OUT
CAPABILITY

4.7 SYSTEMS SAFETY EVALUATION

A gsystem safety evaluation was performed on the SERV vehicle in order to determine
if any major hazards were inherent in the SERV design concept. All situations were
evaluated which, in the course of completing a typical mission cycle, could lead to
potential hazards to the SERV vehicle, its crew and passengers, or ground personnel.
For completeness, all phases of the SERV mission from liftoff to touchdown were con-
sidered, including hazards associated with operations and interfaces with the PM and
MURP, the cargo module, and the space station.

A gross hazards evaluation was prepared in matrix form as illustrated in figure 4.7-1.

A total of 85 operational events were tabulated. Each event identifies the safety hazard
that can occur, the possible cause of the hazard, the effect to personnel and/or hardware,
the hazard detection measure, and the hazard reduction measure.

No hazards were found to exist which could not be reduced or eliminated by present
state of the art technology. The majority of the hazards identified are classified into
three general categories: operational/procedural hazards, hardware oriented hazards,
or hazards caused by human error. Hazards caused by human error are minimized by
the proper selection of personnel skills and careful attention to operational procedures
and detail designs. Hardware oriented hazards are minimized by adherence to proper
design practice and by the incorporation of effective failure detection and per sonnel
abort systems.
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85 EVENTS EXAMINED

ALL HAZARDS IDENTIFIED CAN BE REDUCED
TO ACCEPTABLE LEVEL OR CAN BE ELIMINATED
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Section 5

OPERATIONS

5.0 GENERAL

The major manufacturing, transportation, and launch operations are briefly reviewed
in this section.

51 MANUFACTURING OPERATIONS

The structural fabrication, assembly, checkout and preparation for shipment will be
performed at MAF in buildings 103, 110 ( VAB), and 420, Stations 1 through 4. Fab-
rication of structural components and subassemblies such as rings, support beams,
inner cylindrical bulkhead, landing gear assembly, doors, reentry bulkhead panels

and cargo containers will be conducted in building 103. Building 110 is used to develop
the outer cylindrical bulkhead and the lower and upper outer shell structure. The inner
and outer cylindrical bulkheads and the lower and upper outer conical shell subassem-
blies are fabricated of steel honeycomb panels welded together on a building block
approach as a complete circular subassembly. The LOy and LHy lower bulkheads will
be developed as circular segments prior to mainstream assembly. In addition to cir-
cular external work platforms, internal suspended work platforms and tooling are re-
quired as illustrated in operations 600, 800, 1000 and 1400 of figure 5.1-1,

All subassemblies in buildings 103 and 110 are transferred to building 420, Station 1
for the final assembly as depicted in the mainstream flow sequence, figure 5.1-1,

The vehicle is then moved to Station 2 for pressure test and cleaning. The LH, tank is
filled with sealed styrofoam balls and gas pressure tested in conjunction with the LOg
tank, which is partially filled with demineralized water to simulate propellant weight
and reduce gaseous volume. The vehicle is returned to Station 1 for installation of the
lower and upper thermal protection shells over the existing structural shell. The ve-
hicle is transferred to Station 3 for the installation of electromechanical-hydraulic and
avionic and propulsion systems, and final assembly activities. At the completion of
these activities the vehicle is moved to Station 4 for checkout, weight, CG and optical
alignment operations prior to preparation for shipment activities.

Total time period for typical manufacture of a vehicle is 93 weeks.
The major external facility modification at MAF, see figure 5.1-2, is minimal and

limited to enlarging the existing 4-cell building 420 both vertically and horizontally
for final assembly, test and checkout. Other external modifications are: widening
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OPERATION 100 - SUPPORT BEAM AND LANDING
GEAR ASSEMBLY

OPERATION 300 ~MATING INNER CYLINDER

OPERATION 250 — INNER CYLINDRICAL
BULKHEAD ASSEMBLY

WEEK 24

OPERATION 50 - THRUST RING ASSEMBLY

OPERATION 1800 — INSTALLATION OF SHELL TPS

OPERATION 2000, 3000 AND 4000 - SYSTEW INSTALLATION AND FINAL
ASSEMBLY

A 4

OPERATION 5000 - CH ECKOUT, WEIGHT,CENTER
OF GRAVITY

v

OPERATION 6000 ~ PREP FOR SHIP

WEEK 93

OPERATION 400 —~ MATING OUTER CYLINDER'
BULKHEAD

BULKHEAD AND THRUST
RIRG

OPERATION 600 ~ LH;L OWER BULKHEAD

INSTALLATION OPERATION 800 - 1 0; 1.OWER BULKHEAD
TO OUTER CYLINDER BULKHEAD

OPERATION 360 - QUTER CYLINDAICAL BULKHEAD
ASSEMBLY

OPERATION 1400 - UPPER SHELL OPERATION 1000 — INSTALL LOWER SHELL
OPERATION 1300 — INSTALL PROPELLANT TANK INTERIDRS
ALKALINE CLEANSER OPERATION 1300-10 — INSTALL RETRO TANKAGE

NITRIC ACID
1300-2 ~
SOLVENT OPERATION 2 -~ INSTALL PRESSURIZATION SYSTEM

OPERATION 1600 — CLEANING, LEAK TEST AND PRESSURE TEST

WEEK 60

OPERATION 1250 - 4PPER SHELL OPERATION 950 - LOWER SHELL

Figure 5.1-1. Manufacturing Sequence
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Figure 5.1-2. SERV Manufacturing Site Plan

Saturn Blvd from building 420 to the Michoud Slip, widening of the route between
buildings 103, 110 ( VAB) and 420, and widening one dock at the Michoud Slip. Mod-
ifications to all other buildings involve internal rearrangement only.

Delivery of subcontractor/vendor items can be performed by road, water or spur rail
directly to the MAF. The proximity to each other of engineering, manufacture, test
and ship loading facilities is notable.

5.2 TRANSPORTATION

Figure 5.2-1 shows the SERV being transported on the Bay~class vessel owned by the
West India Shipping Company. The vessel is 266 feet long with a 51 foot beam and can
be ballasted to draw 6-12 feet of water. The pin-on type sponsons would increase the
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vehicle width to 89 feet; therefore the vessel can still pass through the locks and bas-
cule bridges between the MAF and KSC-VAB dock with no route modifications or off-
loading of cargo. The pin-on sponsons are presently under consideration for other
applications by the West India Shipping Company. The vessel deck can presently ac-
cept the point loading from the landing gear. However, if the SERV diameter is in
excess of 88 feet, it will be supported by a transportation ring ( similar to the launch
ring), which can pivot vehicles up to 96 feet diameter through 22 degrees to produce
an effective width of 89 feet to facilitate passage through the bascule bridge and locks
at KSC.

Transportation of SERV by commercial carrier was the selected method because the
total estimated transportation costs by this method was found to be considerably less
than the total estimated cost of modifying, maintaining and manning an existing NASA
shuttle barge.

BASCULE
BRIDGE

NN \\\\\\\\\

fe—90 FT LCCr WIDTH
TRANSPORTATION? K =
RING

DOUBLE ACTING 4

- - —— . JACKS ———t ==
g

-~ - - I

t €T
f 89

REN
]

Figure 5.2-1. Bay Class Vessel Transporter

5.3 LAUNCH OPERATIONS

The baseline ground operations approach involves the area between the VAB and launch
pads A and B at LC-39. (See figure 5.3-1.) SERV vehicles up to 96 foot diameter
can be delivered from MAF through the Port Canaveral 90-foot-wide locks and bascule
bridges via the Banana River to the VAB dock. SERYV vehicles in excess of 88 feet in
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diameter can be transported by tilting the SERV as deck cargo on a Bay-class vessel
to reduce the effective width. This route will also be used for the delivery of the
Personnel Modules and Cargo Modules, the latter using modified S-IB stage transport-

ers for overland movement to and from existing barges.

KSC
OPERATIONS

o

Pyl 8-MILE ZONE
e (25,000 FT ALT)

g
>
bl

s

-
-
-
-
-
-
~
~
-
-
-
.

—

Ay ¥
B 8 ANDING STRIP

Figure 5.3-1. KSC Operations

The baseline ground operations approach identifies twin 500-1000 foot diameter landing
pads for the SERV adjacent to the crawlerway and 1.75 miles from the VAB and LC-39,
The 4-mile-radius circle identifies the target area at 25, 000 feet altitude. The winged
MURP spacecraft will land at the existing 10, 000-foot landing strip. Transportation of
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the relatively small MURP spacecraft from the landing strip back to the VAB poses no
problems as this vehicle can be tractor towed on existing highways at off-peak conges-
tion hours. The use of the existing VAB for cargo and vehicle assembly, dispersal,
storage, servicing and refurbishment provides proximity to road, rail, sea, and air
methods of transportation from all parts of the nation.

The flow chart, figure 5.3-2, identifies the major facilities and operations involved in
the selected operational approach, with special emphasis on the turnaround cycle.
Delivery of the test and operational SERV vehicles from MAF to KSC is by a Bay-class
vessel. A 200-ton-capacity barge crane is used to off-load SERV onto the operational
wheel type transporter which is then tractor drawn to the VAB.

Following SERV landing in proximity to the VAB and after cooldown, deactivation, and
personnel and priority cargo removal operations have been performed, SERYV is loaded
onto the wheeled transporter used previously for delivery from MAF. The loading of
SERV onto the transporter is achieved by positioning dollies under the landing gear pads
and winching SERV up ramps onto the transporter for delivery to the VAB high bay.

Figure 5.3-2 identifies major sequential operations required in preparation for vehicle
storage, or recycling for launch. The platform enclosure that can be raised and lower-
ed to encompass the SERV assembly in the VAB high bay provides a ready means for
personnel access to all levels during disassembly, servicing, refurbishment and assem-
bly, regardless of the launch configuration required. During configuration disassembly
and assembly operations, hoist capability is provided by an existing 250-ton traveling
bridge crane in the VAB. A new LUT and existing crawler-tractor (CT) provide the
transportation system to LC-39 in a manner similar to the Saturn V.

The SERV storage, servicing and vehicle assembly and disassembly operations are
performed in the VAB high bay area. The cargo module, MURP and Personnel Module,
storage, servicing, assembly, and disassembly of cargo are performed in the low bay
area. The MURP spacecraft would be tractor towed from the strip via the Orsino Cause-
way to the VAB low bay for recycling to storage or relaunch as required.

5-6



L-G

E AT MAF

e LOAD BARG

5
<,
L
% ¥
+ ® TRANSPORT TO.
KSC ATLANTIC DOCK/VAB DOCK (AS REQ’ D)
e OFF-LO

LANDING v
WITH OR WITHOUT PM >

o nEnzAfgg
Av o v [P

® LAND SERV @ LOAD AND @ LOWER PLATFORM ENCLOSURE @ HEAT SHIELD REFURBISH @ VEHICLE MATING WITH @ CT/LUT

ON PAD TRANSPORT MURP OR PM TRANSPORTS @ LUT 4
TO VAB HIGH MATED INSTALLATION
® PERSONNEL  BAY ® REMOVE CARGO AND/OR e SERVICING AND ® INTEGRATED CHECKOUT  VEHICLE TO ON PAD
EGRESS PERSONNEL MODULE AND CHECKOUT LC-39
TRANSFER TO LOW BAY . LOC*;DEL ANTS
® DEACTIVATE PROPELL
-
e LOAD
PERSONNEL
VAB =4 DELIVERY AND (IF REQ)
LOW BAY D OPERATIONAL
® CHECKOUT
= lolelo AND LAUNCH
MURP LANDS @ MURP - SERVICE, REFURBISH AND CHECKOUT
ON SKID STRIP

® CAR -
e TOW TO VAB GO MODULE - LOAD AND UNLOAD

LOW BAY
e PERSONNEL MODULE - SERVICE AND REFURBISH

Figure 5.3-2. SERV Spacecraft Ground Operations



Section 6

PROGRAM PLAN

6.0 GENERAL

The final vehicle configuration, supporting flight technology analyses, subsystems,
and operations have been discussed in previous sections. In this section, scheduling
activities for implementation of the SERV space shuttle are presented, together with
the associated ROM cost.

6! PROGRAM SCHEDULE

The program schedule, figure 6.1-1, is a projection of activities for those elements
having a major impact on the initiation of the program, through the first manned orbital
flight ( FMOF). The schedule shows a 12-month phase B study commencing in the last
quarter of CY 1971, followed by phases C and D starting at the beginning of CY 1973,
with 90 percent engineering release at the end of CY 1974 and 100 percent release

10 months later. Facility modifications are identified at MAF and KSC. Modifications
of MAF facilities are scheduled for the start of CY 1973, with the emphasis directed
toward the modification, tooling and fixtures for building 420. Modifications of KSC
facilities can be delayed a year after the start of MAF modifications.

It is proposed to build one structural test vehicle ( STV-1) which will be used for handling
and transportation equipment checkout, a mode and frequency test, and a static loads and
life cycle test followed by a test to destruction. These tests will be conducted at KSC and
will take approximately 20 months to complete, '

A static fire vehicle (SF-1) will be used in the program for propellant load, cold flow
and static fire tests. Turbojets and other subsystems will not be installed. The tests,
of 15 months duration, will be conducted at KSC and after completion the vehicle will
be overhauled, refitted and cycled as a production vehicle,

6.2 MANUFACTURING SCHEDULE

The manufacturing schedule, figure 6.2-1, shows fabrication and assembly commencing
in the third quarter of CY 1974. This schedule identifies the period of activity associated
with each mainline component and subassembly operation to be performed either in build-
ings 103 and 110 at MAF or at a subcontractor’s facility. Major assembly or installation
displayed as an extension to each line ( bar) operationare followed by checkout, weighing,
center of gravity ( CG) checks, and preparation for shipment. These activities are all
performed in appropriate stations within building 420.
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PHASE ''B"
PHASE C D PROGRAM
FACILTY MODIFICATION - MAL
TOOLING DEVELOPMENT
MATOR ASSEMBLY AND FIXTURES
FACILITY MODIFICATIONS - kSC
MODEL TESTING
STRUCTURAL TEST VEHICLE (STV-1)
MANUFACTURE
HANDLING AND TRANSPORTATION
MODE AND FREQUENCY TESTS
STATIC LOADS AND DESTRUCT
STATIC FIRE (SF-1
MANUFACTURE
PROPELLANT LOAD AND COLD FLOW TEST
STATIC FIRE (AEROSPINE)
FLIGHT TEST VEHICLE NO, 1
MANUFACTURE
LIFT ENGINE STATIC FIRE
TRANSLATION TESTS
FLIGHT TEST VEHICLE NO, 2
MANUFACTURE
CHECKOUT (kSC)
ORBITAL FLIGHT TESTS

PRODUCTION - INCLUDING MODIFICATION
OF TEST VEHICLES

LIFT ENGINE DEVELOPMENT
PHASE B
PHASE C/D

AEROSPIKE ENGINE DEVELOPMENT
PHASE B
PHASE C/D

SUBSiYSTEM DEVELOPMENT AND QUALIFICATION TEST

100 PERCENT  FIRLT MANIIFD
— 90 FERCENT NG ORBITAL FLIGHT  10c
ENG RELEASL RELEASE
v v
START BlDG; .
420 MOD 100 PERCENIT COMPLETE AL /O
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L
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O
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DELIVERY OF FIRST SET
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Figure 6.1~1. SERV Program Schedule
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C—J susassemsLy

R+ A JOR ASSEMBLY/INSTALLATION

OPERATION OPERATION VEHICLE Cy 1974 . CY 1975 CY 1976 ooy e CY 1978 Cy 1979
NO. IDENTITY B I ] ]
300 ASSY SUPPORT BEAM, THRUST RING STV-1
400 INSTALL OUTER CYL BULKHEAD

600-800 INSTALL LH2 AND LO; LOWER BULKHEADS
1000- 1400 INSTALL UPPER AND LOWER SHELLS NOTE;
1600 PRESSURE TEST AND CLEAN { )* DENOTES STATION NUMBER OF OPERATION
1800 INSTALL TPS - LOWER AND UPPER SHELL IN BUILDING 420 AT MAF
2000-3000 | SYSTEMS INSTALL, (DOORS-PANELS)
5000-6000 { CHECKOUT, WEIGHT, C.G., PREP FOR SHIP,
300 ASSY SUPPORT BEAM, THRUST RING SF-
400 INSTALL. OUTER CYL BULKHEAD
600-800 INSTALL LHz AND LO7 LOWER BULKHEADS

1000- 1400 INSTALL UPPER AND LOWER SHELLS
1600 PRESSURE TEST AND CLEAN

2000-3000 | SYSTEM INSTALL (AEROSPIKE, DOORS, PANELS)

5000-6000 | CHECKOUT, WEIGHT, C.G., PREP. FOR SHIP,

300 ASSY SUPPOPT BEAM, THRUST RING ELT, TEST
400 INSTALL OQUTER CYL BULKHEAD NO. 1
600-800 INSTALL LH; AND LO7 LOWER BU LKHEADS
900 INSTALL LIFT ENGINE MODULES
1000- 1400 ENSTALL UPPER AND LOWER SHELLS (1A}
1600 PRESSURE TEST AND CLEAN [ 13

2000-3000 | SYSTEMS INSTALL DOORS-PANELS) B

5000-6000 | CHECKOUT, WEIGHTS, c.o.,b PREP. FOR SHIP, N
300 ASSY SUPPORT BEAM, TARUST RING FLT. TEST [ M (18}

400 INSTALL OUTER CYL BULKHEAD NO. 2 s
600-800 INSTALL LHz AND LOy LOWER BULKHEADS C——————mmos
900 INSTALL LIFT ENGINE MODULES %
1000-1400 | INSTALL UPPER AND LOWER SHELL (18)
1600 PRESSURE TEST AND CLEAN [ [
1800 INSTALL TPS - LOWER AND UPPER SHELL s,

2000-4000 | SYSTEMS INSTALLATION — .

-5000-6000 | CHECKOUT, WEIGHT, C.G., PREP, FOR SHIP. . @
300 ASSY SUPPORT BEAM, THRUST RING OPERATIONAL WA
400 INSTALL QUTER CYL BULKHEAD NO. 1 —mo»

£00-800 INSTALL LH2 AND LO7 LOWER BULKHEADS ——mo»
200 INSTALL LIFT ENGINE MODULES [ [
1000-1400 | INSTALL UPPER AND LOWER SHELL (14)

‘1600 PRESSURE TEST AND CLEAN R
1800 INSTALL TPS LOWER AND UPPER SHELL loa)

2000-4000 | - SYSTEMS INSTALLATION L — N )

5000-6000 | CHECKOUT, WEIGHT, C.G., PREP, FOR SHIP. ]

900 INSTALL LIFT ENGINE MODULE OPERATIONAL [ B (14/8)

1600 PRESSURE TEST AND CLEAN NO. 2 | [l

1800 INSTALL TPS LOWER AND UPPER SHELL Boass)
2000-4000 | -SYSTEMS iNSTALLATION [ @)
5000-6000 | CHECKOUT, WEIGHT, C.G., PREP FOR SHIP, (EX SF-1) . (@)

1600 PRESSURE TEST AND CLEAN OPERATIONAL [ )

2000-4000 | SYSTEMS INSTALLATION . :‘E’S:F; - — [

5000-6000 | CHECKOUT, WEIGHT, C.G., PREP FOR SHIP, NO. 1) N )

REMOVE TEST INSTALLATIONS (KSC) OPERATIONAL 1]
CHECKOUT (KSC) :‘;‘;’:F‘u Test [ ]
NO. 2)

Figure 6.2-1. Manufactur ing Schedule




6.3 VEHICLE TEST SCHEDULE

The vehicle test schedule, figure 6.3-1, is divided into the following seven major
1) R&D tests; 2) model testsy 3) structural test vehicle (STV-1);

activities:

4) static fire vehicle (SF-1); 5) flight test vehicle No. 1 ( FT-1); 6) flight test ve-
hicle No. 2 ( FT-2); and 7) component qualification,

6.4

FACILITY MASTER SCHEDULE

Figure 6.4~1 shows the major facility modifications at MAF and KSC. At MAF, the

major item is the modification and installation of equipment in building 420.

Commenc-

ing at the beginning of CY 1973, building 420 is scheduled for completion in the last
quarter of CY 1974, approximately 2 months prior to final structural assembly of the
first test vehicle, STV-1.

All other facility modifications at MAF are scheduled to be complete at least 3 months

before their use.

Because of their size and also because they are required in the movement of vehicles
between stations in building 420, the SERV transporters will be assembled at MAF.
These transporters will be available approximately 2 months prior to the need to move
STV-1 from station 1 to station 2. Inter-facility transportation will be performed by a

commercial carrier using existing equipment,

modified are the VAB, LC-39A and LC-39B, and the LUT.

The major facility items at KSC to be

PROG RAM LOCATION vimice | evr2 levra | ey 1 evre L onme] evrr t cv e cyac

R&D TESTS VARIOUS ‘ ‘

o SUBSYSTEMS * ,

o AEROSPINE E—— i

o LIFTENGINES S ——
MODEL TESTS

o LC-39/SERV MAF/KSC

o SERV WIND TUNNEL VARIOUS m—

¢ RF RADIATION KsC ——
STRUCTURAL TEST VEHICLE $T-1 R

o HANDLING AND TRANSPORT MAF-KSC war B Mesc

o MODE AND FREQUENCY KSC-VAB | ==

e LIFE CYCLE AND STATIC LOADS KSC-VAB vire cvere MBsTaric Loan

o DESTRUCT KSC-VAB -
STATIC FIRE VEHICLE SF-1

e PROPELLANT LOAD AND COLD FLOW | KSC-LC39

o STATIC FIRE KSC-LC39
FLIGHT TEST VEHICLE NO. } F1-1 L

o LIFTENGINE STATIC TESTS KSC-LC39

e TRANSLATION TESTS KSC-LANDING PADS = |
FLIGHT TEST EHICLE NO., 2 F1-2 v

o INTEGPATED ORBITAL FLIGHTS K5C-LC39 ——
COMPONENT QUALIFICATION VARIOUS ' ' 5

Figure 6.3-1.

Vehicle Test Schedule
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cY 1973 CY 1974 cY 1975
IDENTITY
! ] 2 [ 3 ] 4 1 ] ? [ 3 ] 4 | ’ 2 I 3 l 4
MICHOUD "I DESIGN AND PROCURE
o BUILDING 420 W FABRICATE, INSTALL, TEST

AND FINAL ACCEPTANCE
o ROTARY TABLES (5) ¢

e 150-TON CRANE WITH TELESCOPE
WELD FIXTURE (2)

e PNEUMATIC, HYDROSTATIC AND
CLEAN FACILITY

o WEIGHT AND C.G. CHECK EQUIP,

o RELOCATE EXISTING EQUIPMENT
WITHIN MAF

e SPECIAL FOUNDATIONS -~ EQUIPMENT
AND TOOLING

e VARIOUS CRANE MODIFICATIONS
e ROAD AND DOCK MODIFICATIONS —

e NEW FACILITY ITEMS, SPECIAL EQUIP- [
MENT AND TOOLING WITHIN MAF

-
-
® SERV TRANSPORTER @) L *
|

KSC

e VERTICAL ASSEMBLY BUILDING

e LAUNCH COMPLEX 39A AND 8

o LANDING PADS (2), STRIP AND GSE
o CRAWLERWAY (SERVICE ROAD)

o LAUNCHER-UMBILICAL TOWER (2)

Figure 6.4-1. Facility Schedule

The start of final assembly in stations 1A and 1B and the subsequent movement of
vehicles through stations 2, 3 and 4 are critical to the overall schedule. Delays in
scheduled occupancy affects subsequent vehicle movement. Relief to this schedule

is possible because the initial vehicles do not require all systems to be installed for
their respective test program. This reduces individual assembly time compared to
the installation requirements for testing later vehicles. For example, STV-1 requires
minimum system installation, SF-1 does not require lift engine installation, and flight
test vehicle No. 1 ( FT-1) does not initially require aerospike modules. Note that
scheduling to modify a test vehicle by final installation of systems to an operational
standard is influenced by when that particular vehicle has completed its test program.

It is planned to return vehicles SF-1 and FT-1 to MAF for removal of test equipment,
and after installation completion they will become operational vehicles 2 and 3, respec-
tively. FT-2 has all systems installed prior to leaving MAF and will not return to MAF;
test instrumentation will be removed at KSC. After removal of instrumentation the ve-
hicle becomes operational vehicle No. 4.

The first flight test vehicle ( FT-1) will be fitted with turbojets and associated subsys-
tems and used for horizontal and vertical translation flight tests at KSC. An aerospike
engine will not be installed in this vehicle. The translation tests are scheduled to take
6 months and will be completed 3 months before the completion of checkout of the first
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orbital flight vehicle. Following satisfactory completion of the horizontal and vertical
translation tests, the vehicle will be returned to MAF for recycling as a production
vehicle.

The second flight test vehicle ( FT-2) will be utilized for orbital flight test and will he
delivered to KSC 12 months prior to the first manned orbital flight. Prior to the first
manned flight, two unmanned orbital test flights will be accomplished.

Throughout the aforementioned development period, subsystem and component develop-
ment and qualification tests will be performed at MAF and other government and suh-
contractor facilities.

The critical path for the schedule is as follows: 1) complete model tests; 2) initiate
MAF and building 420 modifications; 3) commence installment of major tooling and
fixtures; 4) MAF facility complete and checked out; 5) 90 percent engineering release,
start final assembly of structural test vehicle ( STV-1) and static fire test vehicle
(SF-1) and start facility installation at KSC; 6) 100 percent installation of major tool-
ing at MAF; 7) 100 percent engineering release and shipment of STV-1; 8) delivery
and installation of first aerospike engine modules; 9) delivery and installation of first
direct lift gas turbine engines; 10) completion of vehicle static loads, static fire,
translation tests and completion of subsystem development and qualification tests;

11) two unmanned orbital flights prior to FMOF; and 12) manned/unmanned flights
prior to 10C.

6.5 COSTS

ROM costs were developed for key cost categories of interest. Figure 6.5-1 illustrates
SERYV shuttle program cumulative costs for the SERV only, SERV-PM and SERV-MURP.
The cumulative cost curves also show program cost in percent discount rate in accordance
with Bureau of the Budget Circular No. A-94, dated June 26, 1969. The program cost
distribution is presented in figure 6. 5-2. The effect of launch rate on operations cost is
presented in table 6. 5-1 and the typical cost per flight for a 445-flight program is pre-
sented in table 6.5-2. The first unit cost for SERV itemized by WBS is shown in table
6.5-3. -

6.6 PROGRAM COST BREAKDOWN

A typical breakdown of the SERV Shuttle Program cost is presented in figure 6.6-1;
high cost areas are presented in table 6.6-1. The table identifies the high cost areas
by WBS element, percentage of total program cost, and the cost drivers of the WBS
element; all other elements have lower percentage costs. Note that the five RDT&E
high cost areas identified account for 28. 06 percent of the program cost and this repre-
sents 49 percent of the total RDT&E cost. ( See figure 6.6-1.) Restated, five areas
account for approximately 48 percent of the program RDT&E cost.
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Figure 6.5-1. SERYV Shuttle Program Cumulative Cost
PROGRAM COST SUMMARY (10° §)
CONFIGURATION SERV SERV-PM | SERV-MURP
RDT&E 890 4714 6530
INVESTMENT 1405 1639 1689
SERV-MURP SUBTOTAL 5295 6353 8219
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Program Cost Distribution

6-7



Table 6. 5-1.

Kffcet of Launch Rate on Operations Cost

TOTAL COST FOR TOTAL OPERATIONS
NUMBER OF LAUNCHES | ‘TOTAL LAUNCHES IN 10 YEAR PROGRAM COST PER FLIGHT
IN LAST YFAR TEN YEAR PROGRAM SERV-MURP SERV-PM SERV-MURP | SERV-PM
10 100 765.0 760.0 7.65 7.40
25 220 1147.8 1111.6 5.21 5.05
50 365 1615.5 1557.2 4,43 4.27
75 445 1873.9 1803.9 4.21 4,05
Fo
(MILLIONS OF 1971 DOLLARS)
Table 6.5-2, Typical Cost Per Flight
Typical Cost Per Flight
( 445-Flight Program) SERV-MURP SERV-PM

Operations 4.21 4.05

Fleet Amortization 0. 86 0.83

Total ( $M/FLT) 5. 07 4. 88

( Millions of 1971 Dollars)
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Table 6.5-3. SERV First Unit Cost

WBS Item Totals
Propulsion
Aerospike Engine 60.0
Lift Engines 29.5
Attitude Control 8.5
98.0
Avionics
Guidance and Navigation 8.0
Instrumentation 5.6
Communications 1.4
14,8
Airframe
Structures and TPS 202.0
Landing 1.0
203.0
Power
Electrical 22,7
Hydraulic and Pneumatic 2.1
24.8
Assembly and Checkout 9.5
First Unit Cost Total 350.1

( Millions of 1971 Dollars)

RDT&E
58 PERCENT

($4714M)

OPERATIONS
22 PERCENT
($1804M)

INVESTMENT
20 PERCENT

($1639M)

Figure 6.6-1. Typical Breakdown of SERV Shuttle Program Cost
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SERV Shuttle Program High Cost Arcas

Percentage of
Total Program
Area Cost Cost Drivers

SIERV Flight Test - RDT&E 8. 21 Months in flight test program,
number of test flights, test
hardware,

Structures - RDT&E 7.58 Development of sandwich fabrica-
tion, EBW welding and non-destruc-
tive testing techniques.

Main Engines - RDT&E 6. 82 Engine thrust, chamber pressure,
specific impulse,

Structures - Investment 4.20 Fabrication of sandwich.

Ground Test - RDT&E 3.19 Structural testing, hot firing, wind
tunnel testing.

Program System Engr - RDT&E 2.26 Engineering support to integration
and development activities.
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Section 7

CONCLUSIONS AND RECOMMENDATIONS

7.0 GENERAL

The study objectives were accomplished as follows:

e An appropriate SERV. configuration has been selected.
o The feasibility of the SERV aerospike engine has been determined.
e Definitive design and weight analyses have been performed.

71 VEHICLE CONFIGURATIONS

The study commenced with an initial baseline SERV-MURP configuration, as shown
in figure 1.2-2. Through trade studies, wind tunnel model tests, and a definitive
design analysis, the initial baseline was developed into the SERV hybrid configura-
-tion shown in figure 2.3-2 and this configuration is presented as a mature outgrowth
of the initial SERV concept and sized to meet the requirements of a space station
mission in accordance with the initial study ground rules.

7.2 FEASIBILITY ISSUE CONCLUSIONS

The potential of SERV was shown in figure 1.3-1 to be keyed to six feasibility issues.
Each of these issues has been examined and, within the limitations of the study, it is
concluded that:

e The feasibility of aerospike performance for SERV application
has been confirmed within the limitations of the cold flow tests.

e Key weight factors on which the success of an SSTO depends
have been confirmed by structural and subsystem analyses.

e The ascent and reentry aerodynamic characteristics have been
established by wind tunnel tests.

e The selected TPS consists of a honeycomb forebody shell
(non-load-carrying) and a low-density elastomeric, ablative
heat shield.

e SERV is controllable by differential throttling during ascent
and stable throughout descent from deorbit to touchdown.
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® A 4-mile target radius at the 25, 000 ft landing intertace is
adequate with suitable position update 240 see prior Lo deorbit,
and again when emerging trom the blackout zone.

e An automatic landing principle with turbojct l1ift engines is
teasible.

In addition to the above conclusions on the key feasibilily issucs, the following
supporting conclusions were determined:

e A capability for intact abort and abort for crew survival has heen
identitied.

e Manufacture at MAF and launch from KSC is feasible with minimal
facility change.

7.3 RECOMMENDATIONS

This study has shown the influence of structural and subsystem weights on SSTO per-
formance and further in-depth investigation of SERV should be undertaken in the
critical areas as follows:

] Configuration external shape, internal arrangement, and subsystems
should be further optimized to reduce GLOW.

) Alternate methods of construction should be considered, with
particular reference to the influence of thermal gradients and
the weight integration of non-load-carrying TPS with the primary
structure,

o All subsystem weights should be substantiated by increased depth
of analysis.

® The reentry and landing concept should be examined in greater
depth, including integration of Apollo reentry techniques and
performance of detailed hardware error and trajectory pertur-
bation analyses.

It is also recommended that the aforementioned in-depth investigation be supported
by further studies of the integral aerospike engine and direct lift turbojet engines.

7.4 STUDY LIMITATIONS

The basic study approach was directed toward establishing SERV concept feasibility
and the most significant conclusions are not affected by any study limitations. How-
ever, two limitations are worth noting:

o  As the study progressed, it became evident that the study
ground rules were not all applicable nor advantageous to a
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SSTO which requires a different method of operation to that

of a two-stage concept. For example, the most restrictive
limitation was the identification of a MURP-sgize winged
orbiter (spacccraft) as an alternate payload. A smaller and
lighter spacecraft would result in a smaller SERV; SERV does

not require a winged spacecralt as large or as heavy as the
MURP.

The influence of the turbojet lift engine performance has an
important influence on vehicle landed weight and it is essential
that more definitive data, supported by appropriate wind tunnel
tests, be provided in support of further study effort.
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