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TIIRODUCTTION

The conference on TurboJet-Engine Thrust-Augmentation Research
was organized by the NACA to preseant in summarized form the results
of the latest experimental and analytical investigations conducted
at the Lewis Flight Propulsion Laboratory on methods of augmenting
the thrust of turbojet engines.

The technical discussions are reproduced herewith in the same
form in which they were presented. The original presentations in
this record are considered as couplementary to, rather than substi-
tutes for, the Committee's system of complete and formal reports.

A list of the conf'erees is included.
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ANATYSIS OF EFFECT OT TAIL-PIPE- BUPKWR DESIGN DARAMTTER
O TERU 5T AUGMENTATTON

By Eugene J. Mdndanlcllo"'”

.

Lewis Tl 1ght Dropulsmn Laboratorj

INTbODUC"TON

The tail-pipe-burning method of thrust augmentation for turbo-
Jjet engines consists of introducing and burning fuel between the
turbine and the exhaust nozzle of the engine. The increased tem-
perature  of the exhalist gases results in increased jet velocity and
hence increased thrust. Tail-pipe burning, or afterburning or
reheat, as it is sometimes designated, is not only an augmentation
device for improving the take-off and high-speed performance of
aircraft, but-also the complete configuration may be considered as
a distinct engine type for flight at supersonic speeds.

A theoretical analysis of tail-pipe burning is reported in
reference 1 wherein generélized charts are presented that permit
convenient estimation of -tail-pipe-burning performance. for various
design and operating conditions. In this paper, results of the
investigation cof re¢o 'ence 1 are reviewed and extended with par-
ticular attention to the effect of burner design parameters on
augmented and normal engine performancc. Consideration is also
given to the correlation of tail-pipe- burner blow-out limits with
f11ghL ope atlng condltlons.

METHODS

Schematic diagrams of normal and tail-pipe-burning engine
configurations are shown 'in figure l.. The two engines are the
same except of. course, for their tail pipes. In the normal con-
figuration (le. 1(a)), the turbine-outlet gas is diffused slightly
to the exhaust-cone-exit plane and flows to the jet nozzle through
a simple tail pipe of a length dictated by the alrplane installation.

In the tail-pipe-burner -configuration. (fig. (1(b)), the turbine-
outlet gas is diffused to the burner~inlet plane where fuel is
injected. In some designs fuel is injected at various positions
in the diffuser. Flame holders are lccated downstream of the
fuel-injection nozzles to furnish the stagnation regions and the
turbulence necessary for combustion, and a suitable length of




tail pipe is provided to permit completion of combustion before
reaching the exhaust nozzle.

The tail-pipe-burner-inlet velocities must be sufficiently
low to avoid excessive pressure losses and to insure satisfactory
combustion. Accordingly, the system®requires more diffusion and
a tail pipe of greater area than the normal engine.  The exhaust
nozzle must also be larger than that of the normal engine because
of the increased gas volume associated with the higher temperature
and must be adjustable (either two- ~position or continuously var-
iable) in order to provide for operation under both normal and
augmented conditions.

Calculations were made to investigate the effect on engine
performance of the. follow1nﬁ tail-pipe-burner and engine design
parameters:

I Dleuser efflczency Mg considered herein as adiabatic

eff1c1encv on energy basis between turbine-outlet and

1oz
2 -1§

burner-inlet étations, T

2 Burnef:inlet veiocity Vi

W

. Burner drag coefficient .Cps defined as total frictional

pressure drop.across tail-pipe burner divided by burner-
inlet. dynamic head

4. Burner-outlet gas temperature Tb

5. Exhaust-nozzle velocity coefficient Cy, defined as ratio

.. of actual to theoretical jet velocity and equal to square
root of exhaust-nozzle efficiency (on energy basis)

6 Turbine—outlet“velocity Vi

e rFurblne outlet .pressure or engine compressor pressure
ratig o

The ddditional symbols used herein are:

P static pressure



Ve ool 5

R gas constant
t static temperature
¥ ratio of specific heats

Subscripts:

-

o) burner inlet
17 turbine outlet

The effects of these design parameters were calculated for a
range of flight Mach numbers at sea level and 35,000 feet altitude.

The engine assumptions used in the calculations are:

Compressor pressure ratio at sea level and flight Mach number
of zero (At other flight conditions the pressure ratio was
varied to meet the condition of constant rotative speed, that
is, constant work input per pound of air; for example, at sea
level and a Mach number of 2, the pressure ratio is 2.4.) . . . 4

: /‘2
log‘\-l-)—
Compressor polytropic efficiency, =1 ___x1/ . .. ... 0.8

Turbine polytropic efficiency, 0.85

Turbine-outlet temperature corresponding to turbine-
inlet temperature of 1960° R, R . . v v v v ¢ « o + » . . 1650
- Combustion SFTICREHET K o & s wow % 5 s ® wiw wrsiiy w wih ol b 096
Primary combustion-chamber pressure drop divided ,
by combustion-~chamber-inlet pressure . . « » « o « « . o . 0.03
Exhaust-nozzle velocity.coefficient: (normal engine) . . . . . 0.975
FnCLn“ 1nlet dL?fusef polytropic efficiency,

(F1)

lon n——;
y-1 \Fo/
l .
1os (1 +~l—l 12
Flight Mach: number up to 1L (For flight Mach numbers
above 1, the diffuser efficiency was reduced 0.1 per
tunli increase in Mach number; for example, at a Mach
number of 2, the efficiency wes 0.75.) « ov +v ¢ « « « « o 0.85

®




The additional symbols are:
M  Macl number
P total pressure
T total temperature
Subscripts:

0 free stream

L compreuuor inle# |
2 compressor outleu

4  turbine inlet

The foregoing assumptions are, for the most part, fairly con-
servative and represent an average of the performance of various
present-day engines: - The -inlet-diffuser efficiency values, which
are representative of the performance of convergent-divergent-type
diffusers, are conservative compared to values currently being
obtained experimentally with other types of supersonic diffuser.

'he performance of the normal engine for the different flight
conditions was calculated: ‘by step-by-step methods and the per-
formance of the tail-pipe-burner configuration was calculated
from the normal engine performance by the methods of reference 1.
Dissociatica was taken into account in the calculations of fuel
consumption for the tail-pipe-burner configuration, and the com-
bustion efficiency was assumeéd to be '0.96 ds for the primary engine
comb* tion chamber. The normal engine was assumed to have no tail-

Pipe pressure losses; that is, the exhaust-nozzle-inlet total pres-
sure was taken equal to the turbLne outlet total pressure. Inasmuch
as the calculations were made for constant turbine-outlet tempera-
ture it is implicitly assumed that the exhaust-nozzle area is
adjusted to the proper value at all operating conditions.

The data and calculations involved in the correlation of tail-
pipe-burner blow-cut limits are based upon the results of experi-
mental Jnveotlbatlons with a current turbojet englne and tail-pipe
burner.




RESULTS AND DISCUSSION .

The effects of design parameters on augmented and normal
engine performance are presented in figures 2 to 9 and the informa-
tion pertaining to blow-out limits is given in figures 10 and 11,

Augmented and Normal Engine Performdnce

Gas temperature and inlet Veloc1ty. - The ratio of augmented
to normal thrust is plotted in figure - against tail-pipe-exit gas
temperature for a range of burner-inlet velocities from 200 to
750 feet per second. The results in figure 2(a) are for sea-level
altitude, flight Mach number of zero, turbine-outlet velocity of
750 feet per second, diffuser efficiency.of 80 percent, burner drag
coefficient of 1, and exhaust-nozzle velocity coefficient of 0945,
which 1s the same as that assumed for the normal engine.” The nor-
mal thrust used as the basis of augmented ratio is that "calculated
for ‘the englne with a normal or conventional tail plpe.

The augmented thrust ratio inereases with increase in tail-

' pipe gas temperature as a result of the accompanying increase in
Jjet ‘velocity and decreases with increase in burner-inlet velocity
“because of increased friction and momentum pressure drop across
the burner. At a gas temperature of 3600° R and a burner-inlet
velocity of 400 feet per second, the augmented thrust is 1.45 times
the normal thrust. At the same temperature but at an inlet veloc-
ity of 700 feet per second, the augmented thrust ratio is reduced
to 1.2. At high burner-inlet velocities (700 and 750 ft/sec the
mazimum gugmentation is limited to the .end points of the curves
because of thermal choklng which limits the maximum temperature
‘that can be realized without affecting the engine operating con-
‘ditions. ‘

The effect of the tail-pipe burner on engine performance for
the condition of no afterburning is shown by the results at tail-
pipe gas temperature equal to turbine- outlet temperature, that
is, lG:OO K. At a burner-inlet ve1001ty of 400 feet per second,
the augmented thrust is about -97 percent of the normal engine
thrust, and at an inlet velocity of 700 feet per second, the thrust
is reduced to 93 percent of the normal engine thrust. -These losses
are a result of the dlLoneT inefficiency and the friction drag of
the burner and correspond to total-pressure-loss ratios %E of

- b
0.04 and 0.085 at 400 and 7OO feet per second; respectively. These
losses in normal thrust and those indicated in subsequent curves
are higher than would be obtained in practice for the same design
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conditions because they are based on zero presgure loss in the nor-
mal engine tail cone and taill pipe.

Thus low burner-inlet velocity is not only desirable for
obtaining high thrust augmentation but also for minimizing the
loss of normal or nonaugmented thrust. In addition, low velocity
is required for satisfactory combustion efficiency and stability
as is discussed in the second and third papers of this series.

The effects of tail- -pipe gas temperature and burner-inlet
velocity are illustrated in flgure 2(b) for altitude of 35,000 feet
and flight Mach number of 1.50. Again the ratio of augmented to
normal thrust is plotted against tail-pipe gas temperature for a
range of burner-inlet velocities. The values of the design param-
eters are the same.as in figure 2(a); but the normal engine thrust
used as the base for the augmented ratio is changed to the value
corresponding to the new flight conditions. ZEffects similar to
those illustrated in figure 2(a) are obtained, however change in
inlet velocity results in only about half as much percentage change
in the augmented thrust ratio as occurs at sea level and zero
flight Mach number. The smaller effects are due to the fact that
at a higher pressure ratio across the exhaust nozzle (as exists at
the high Mach number condition) a given percentage change in pres-
sure loss produces & smaller change in thrust.than;at a lower pres-
sure ratio across the nozzle. The higher values.of augmentation
indicated are due to the higher flight Mach number and not the
higher altitude as is illustrated in a subsequent figure of this
paper.

Turbine-outlet Ve1001ty and diffuser efficiency. - In figure 3,
augmeqtea—to -normal thrust ratio is plotted agalnst turbine-outlet
velocity for a tail-pipe gas temperature of 3800° R and diffuser
efficicncies of 100, 80, and 60 percent. A similar:set of curves
is included for a gas temperature of 1650° R in order to illustrate
the performance at nonburning'conditions. These results are for
sea-level altitude, zero flight Mach number, burner-inlet,velocity
of 400 feet per second, drag coefficient of 1, and exhaust-nozzle
velocity coefficient of 0.975.

Tor a diffuser efficiency of 100 percent, both the augmented
and normal thrust remain constant with change in turbine-outlet
velocity; but for the more realistic values of diffuser efficiency,
the performance decreases progressively with increased turbine-
outlet velocity and decreased diffuser efficiency. For example,
at a diffuser efficiency of 80 percent, the augmented thrust ratio
decreases from about 1.48 at 800 feet per second to 1.43 at
1200 feet per second for the afterburning condition and from




0.97 to 0.95 for the nonburning condition. With a diffuser effi-
ciency of 60 percent, the adverse effects of increased turbine-
outlet velocity are greater.

The curves of figure 3 illustrate the desirability of design-
ing the turbojet engine with a low turbine-outlet velocity in order
to realize high augmentation and to minimize penalties during non-
burning operation. Alternatively, if the engine has a high
turbine-outlet ‘velocity, the designer should mske every effort to
obtain a high diffuser efficiency. :

Burner ‘drag coefficient., - In figure 4 the augmented-to-
normal thrust ratio is plotted against burner drag coefficient for
burner-inlet velocities of. 200, 400, and 600 feet per second, and
for tall—plpe gas tempergtures of 3800° (augmonted condltion) and
1650° R (nonburning condition). These curves are for sea-level
altitude, zero flight Mach- number, turbine-~outlet velocity of
750 feet per second, diffuser efficiency of 80 percent, and exhaust—»
nozzle ve1001tj coeff1c1ent of.0.975.

As might be expected the raflo of augmcnted to normal thrust
is not appreciably affected by increase in burner drag at low °
burner-inlet velocities. ‘At the higher inlet velocities, however,
the adverse effects of high. drag coefflclent are of significant
magnitude; for example, at 600 feet per second an increase in drag
coefficient from 0.5 to 2. reduces the augmented to-normal thrust
ratio from 1.39 to 1:23 for the 3800° R' gas temperature condition
and from 0,98 to 0.89 for the nonburning condition.- At 400 feet
per second, which may be considered a desirable design value for
burner- 1nlct velocity, the loss in performance with increase in
drag coefficient is about 40 perceﬁt as much as at 600 feet per
second. Although low burner drag is advantageous for obtaining
maximum thrust, some drag is necessary for satisfactory combustion
as 1s discussed in the second and third papers of this series.

Nozzle velocity coefficient. - In ilgure S5 the ratioc of aug-
mented to normal thrust is plotted against nozzle velocity coeffl-
cient for sea-level altitude, tail-pipe gas temperatures of 3800°
and 1650° R, and flight Mach numbers of 0, Q,75, and 1.50. For
these calculations, the turbine-outlet Ve1001ty was 750 feet per
second; diffuser efficiency, 80 percent; burner-inlet velocity,
400 feet per second; and drag coefficient, 1. The variation in
nozzle velocity coefficient applies only to the tail-pipe-burner
configuration, that is, the normal engine thrust used as the base
of the augmented ratio is calculated for a ¢constant value of the
coefficient of 0.975.
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The augmented-to-normal thrust ratio decreases linearly with
decrease in nozzle velocity coefficient, the decrease being
greater at the high than at the low flight Mach numbers. For
exarnple, decrease in nozzle coefficient from 0.975 to 0.850 for
the augmented condition results in a 13 percent reduction in
thrust ratio at O Mach number and 23 percent reduction at 1.50 Mach
number. For the nonburning condition, the thrust reductions are
13 percent at O Mach number and 42 percent at 1:50 Mach number.
The percentage decrease in high-speed thrust accompanying decrease
in nozzle velocity coefficient is thrust of greater magnitude for
the noaauﬂmenued than for the augmented condition. This situation
is aggravated by the fact that variable-area exhaust nozzles are
more difficult to design for high velocity coefficient in the closed
position corresponding to nonburning operation than in the open
position corresponding to tail—pipe—burning operation. ) ’

Fllgnt conditions. - The effect of flight Mach number on tail-
pipe- burnlng performance has already been partially indicated,
however, in order to give a more complete and direct representa: .
tion of the effects of flight operating conditions, figure 6 has
been prepared wherein the ratio of augmented to normal thrust is
plotted against flight Mach number for altitudes of sea level and
35,000 feet. The tail-pipe design parameters are the reference
values used in preceeding figures. Included for references are
curves of the thrust of the normal engine configuration divided
by the thrust obta ined at sea-level altitude and zero Mach number;
a subscript O has been used to indicate that the base thrust is
for the sea-level, zero Mach number condition.

The somewhat wavy curve of sea-level normel thrust is the
result of the combined effects of changing air flow, pressure ratﬂo,
propulsive efficiency, and inlet-diffuser efficiency that accompany
change in flight Mach number. If a higher inlet-diffuser efficiency
had been assumed, the decrease in thrust at high Mach number would
not have occurred until a higher flight speed. The 35,000-foot
curve is lower than the sea-level curve because of the decreased
air density at altitude. It does not fall off as rapidly as the
sea-level curve at the high Mach numbers because of the lower air
temperature and the consequently higher permissible heat addition
before the.turbine. '

The augmented-to-normal thrust. ratio increases considerably
with increase in Mach number but is not appreciably affected by
altitude up to Mach numbers of about 1.0. At higher Mach numbers,
-the sea-level augmentation is greater than the high altitude aug-
mentation, attaining a value 4 times the normal thrust at a Mach
number of 2.0 compared with a value of 2.7 times the normal thrust



at 35,000 feet altitude. A large portion of this reduction is due
to the decrease in normal thrust, for the sea-level high-speed
condition.,

The corresponding specific fuel consumptions are shown in fig-
ure 7 plotted against Mach number for sea level and 35, 000 foot
altitudes. The normal fuel consumption increases rapldly with
increased flight Mach number, varying from 1.1 pounds per hour per
pound of thrust at sea level .and: O Mach number to 2.6 pounds per
hour per pound of, thrust. at. 2.0 Mach number. The normal consump-
tion is from 9 to 30 percent lower @t the 35,000-foot- altitude
condition than at sea level because:of the lower atmospherlc air
temperature. The total fuel consumption for the augmented condi-
tion at sea level varies from-about 2.5 times the corresponding
normal fuel consumptlon at. 0 Mach number to 1.25 times the normal
consumption at 2.0 Mach number. At an altitude of 35,000 feet, the
augmented consumption is about 17 percent lower than at sea level
and, at a Mach number of 2.0, is l 5 times the corresponding normal
consumption, .

Pressure ratio. - The effect of change in engine compressor
pressure ratio is illustrated in figure 8 where the ratio of aug-
mented to normal thrust is plotted against flight Mach number at
the 35,000~-foot-altitude condltlon“for design pressure ratios of
4 and 8. The engine with the design pressure ratio of 4 is the
reference engine used for all previous calculations. The other
engine is assumed to have the same component efficienciés and
design conditions as the reference engine except for the higher
pressure ratio. Slmllar to the reference engine, the des1gn pres-
sure ratio of 8 pertains to the sea- level, zero Mach number condi-
tion. At the 35,000- foof-altitude condition in figure 8 the
actual pressure ratlo Varles from:5.3 at Mach number of 2 .0 to
12.4 at Mach nnmber of O .The.xcorresponding pressure ratlos for
the reference englne are between 3.0 and 5.6. The tail-pipe-
burner condltlons are the same as those used in figure 7.

Included for reference is the normal thrust of each engine
divided by the normal thrust .of the- engine with a pressure ratio
of 4 at the sea-level, zero Mach number condition, designated by
the subscripts O, 4. The high-pressure engine develops more
than 100-percent-higher normal thrust than'the'low~pressure engine
at O Mach number and about 60 percent more at 2,0 Mach number,

The augmented-to-normal thrust ratio of<the high- pressure engine
is only between 6 and 11 percent higher than that of the low-
Pressure engine; however, the actual aungnted thrust is much
greater because of the hlgher normal. thrust ‘
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The corresponding specific fuel consumptions. of "the two
engines are compared in figure 9. For the normal engine configu-
ration, the high-pressure.engine shows a lS-percent -lower fuel
consumption than the low-pressure engine at O Mach number and a
few-percent-lower consumption at 2.0 Mach number.  For the aug-
mented condition the high-pressure engine prov1des about 8-percent-
lower fuel consumption than the' low-pressure englne‘at 0 Mach num-
ber and slightly higher" qonsumptlon at 2.0 Mach nuuber, Thus from
figures 8 and 9 it appears that. higher pressure ratlo engines than
those in current use-are advanmageous both for normal*and tail-
pipe-burning operatlon‘for the range of fllght Mach. numbers
considered. g, s S R Lo mey o

© Altitude Limits
‘-r r),'.'\":. L

The discussion thus far has dealt w1th the thrust and fuel
consumption of tail-pipe burners. Another: 1mportant performance
criterion is the, combustion stability or blow-out limits of the
burner, which determlne the maximum altitude at which the burner
will operate. ' Such information cannot be readily predicted. from
analysis but must be obtained experimentally in altitude test .
chambers, altitude tunnels, or in flight. Analysis can, hcwever,
provide methods for. generaliz1ng the blow-out data and thus ‘reduce
the amount of: testlng requlred to establlsh the altltudellimlts.

Experlence w1th turbojet and ram—get englﬁe combustlon cham-
bers indicated ‘that ~the: combustion blow-out of.&a given conflgura-
tion and fuel- alr ratlo is affected by combustion-chamber-inlet .
velocity, inlet temperature, and .inlet pressure. Taill-pipe- -burner
blow-out should be affected by the 'same parameters; accordingly,
figure 10 illustrates. the variation -of tail-pipe-burner-inlet
temperature, velocity, and static pressure with fllght Mach number

and altitude for a current turbo jet englne operatlng ‘at. rated
engine speed. s ‘

Over the range of flight Mach number’ and altltude, the burner-
inlet or turbine-outlet temperature is held .constant at. the maximum
permissible value by varying either: the’ exhaust nezzle ‘area or the
burner fuel flow. The. correspondlng burner ‘inlet ve1001t1es are
substantially constant Wlth Tlight Mach number but decrease with
increased altitude, the change being: smaller at high altitudes.

Between 20,000 and 40,000 feet, burner-inlet welocity decreases
about 6 to 10 percent This varlatlon is characterlstlc of the

particular engine under consideration. Other engines for which
data have been obtained at the Lewils .laboratory indicate an even
smaller change in burner-inlet velocity with flight conditions and
in some cases the change with altitude is in the opposite direc-
tion to that shown in figure 10,




The burner-inlet pressure increases with increase in flight
Mach number and decreases with increase in altitude. At a Mach
number -of 1.0, the pressure at 20,000 feet is. double that at
40,000 feet. Thus the variation of .inlet pressure with flight
operating conditions is coasiderably. greater than the variation
of the other inlet conditions. It might then be expected that
altitude blow-out data for constant engine. speed’ could be corre-
lated "1mply with burner-inlet pressure.

Such a ¢orrelation is illustrated in figure 11 for a typical
tall-pipe burner on the same engine used in figure 10, again
operating at rated engine speed and constant turbine-ocutlet tem-
perature. Lines of constant burner-inlet pressure as obtained
from normal engine-performance characteristics are plotted on
coordinates of flight Mach number.and altitude.. Bach line in
figure 11 represents the combinations of altitude and Mach number
at which the particular pressure is obtained in the tail pipe.
The data points represent exyerlmentally:determlned blow-out
limits for the specific tail-pipe burner; for example, at a Mach
number of 0.3, blow-out occurred at 32,000 feet altitude, and at
a Mach number of 0.97, blow-out occurred at an altitude of
41,000 feet.

Higher altitude limits than these have been cbtained with
other tail-pipe burners; however, the data for this particular
burner serve to illustrate general trends. Because blow-out is
sensitive to small differences in operational technique, the data
do not delineate a definite curve of altitude limit but indicate
a band of altitude (5000 to 8000 ft wide) in which blow-out may
occur. Similar bands of blow-out limits are generally obtained
in testing other burners.

The data tend to fall within a band of constant pressure
lines, in this case between 20 and 25 inches of mercury. It
thus appears that if the altitude blow-out limit for a tail-
pipe burner is obtained at one flight Mach number, the lLimits
for other Mach numbers can be predicted from a knowledge of
flight operating characteristics of the engine. Tail-pipe fuel-
alr ratio has considerable effect on altitude limits; in these
tests the fuel-air ratio did not, however, have to be varied
appreciably to maintain constant turbine-outlet temperature over
the range of flight operating conditions. Similar data will have
to be obtained with other engines and other tail-~pipe burners
before this method can be unreservedly accepted.

11
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SUMMARY OF RESULTS

This theoretical investigation indicated the desirability of
designing tail-pipe burners with low burner-inlet velocity, low
burner drag, high diffuser efficiency, and high exhaust-nozzle
velocity coefficient. These design criteria are considered
essential not only for obtaining high augmentation, but also for
minimizing the loss in normal engine performance during non-
burning operation. Low turbine-outlet velocity was shown as a
favorable engine design characteristic for tail-pipe-burning
application, and higher pressure ratios than those currently
used appeared to be advantageous for flight Mach numbers up to
at least 2.0. Thrust augmentation increased considerably with
increased flight Mach number but it was not appreciably affected
by altitude except at Mach numbers above 1 where augmentation
decreases with increased altitude. The total specific fuel con-
sumption during tail-pipe-burning cperation is about 2.5 times
the normal consumption at sea level and O flight Mach number
but was only 1.5 times the normal consumption at 35,000 feet
altitude and a Mach number of 2.0.

REFERENCE
1. Bohanon, H. R., and Wilcox; :E. C.: Theoretical Investigation

of Thrust Augmentation of Tarbojet E@gines‘by Tail-Pipe
Burning. NACA EM No. EBLOZ2; 1947. '




1041A

Vg o
W0 o . Cy
> Cp=1 " 0,975
Mg W
TURBINE  EXHAUST JET 0.8 y :
OUTIET CONE NOZZLE BURNER- INLET
I VELOCITY
(FT/SEC)
s 200
hi /400 :
e Lie 600
o] ¥ V5]
=
TURBINE  BURNER JET e 1
OUTLET  INLET NOZZLE =
! ! Bl 1. 700
I!i!l!l'!lniliit“'l- = Ml ! i<)’ y v %; §
j 750
LU il 2= 1.
|

™
7%

o 1] < L

Sorzcse | .
DIFFUSER® FUEL® FLAME , W
INJECTORS HOLDERS 9 n ! ! | ! .
(b) TAIL-PIPE-BURNER CONFIGURATION 1600 12400 3200 4000
Figure 1. Normal snd tall-pipe-burner engine configuration. TAIL-PIPE-EXIT GAS TEMPERATURE, oR

.
(a) Alticude, sea level; flight Mach number, O.

Figure 2, - Effect of tall-pipe-exit gas temperature and burnsr=
inlet velocity on augmentetion.



AUGMENTED THRUST

NORMAL THRUST

AUGMENTED THRUST

Vi ~
750 <« <
> Cpsl  Cy
g X< 0,975
0.8 BURNER-INLET
VELOCITY
(FT/SEC)
2.4F 200
400
2.2 600
2.0
0 700
1.8 750
1.6
1~4_
1.2
1.0
.8 I ] l
1600 2400 3200 4000
TAIL-PIPE-EXIT GAS TEMPERATURE, °R
(b) Altitude, 35,000 feet; flight Mach number, 1.50.
Figure 2. - Concluded. Effect of tall-pipe-exit gas temperature
and burner-inlet velocity on augmentation.
Vi
480
X <
> Cp=1  Cy
%X < 0.975
TAIL-PIPE GAS
1.6 TEMPERATURE DIFFUSER
I EFFICIENCY
3800° R (AUGMENTED) 1.0
1.4 \.8
o
% .6
h31.2—
<
=
=1.0- 1650° R (NONBURNING) 1.0
N-B
Bl ! | | | | -6

400 600 800 1000 1200 1400
TURBINE-OUTLET VELOCITY, FT/SEC
ALTITUDE, SEA LEVEL; FLIGHT MACH NUMBER, O

Figure 3, — Effect of turbine-outlet velocity and diffuser
efficiency on augmentation.

J CONFTDENEIN

VIF0T



1041A

Vg
L e Cy
d Cp=l  var.
0.8 d X <
TAIL-PIPE GAS BURNER- INLET 5 0.8
TEMPERATURE VELOCITY B TAIL-PIPE
"
3800° R (AUGMENTED) ( A ) ey GAS TEMP
. 1.4 400 1.50 3800° R
ég : §|$ s | AUGMENTED
a1 =)
1.2+
e “E %
5| I 600 - )
el = 3 =] /O///,
== .0k 1650° R (NONBURNING) 2
%g 200 =iz 1650° R
= i g=1lr 9 NONBURNING
g 600 =z 7
1.50
Bl | | | 1
0 1 2 3 - 4 0 , , , 1
BURNER DRAG COEFFICIENT, Cp 80" 85-+.90- .95 1.0
ALTITUDE, SEA LEVEL; FLIGHT MACH NUMBER, O NOZZLE VELOCITY COEFFICIENT, Cy

ALTITUDE, SEA LEVEL

Figure 5. — Effect of tail-pipe-burner nozzle velocity co-—
efficient on augmentation.

Figure 4. ~ Effect of burner drag and burner-—inlet velocity on
; augmentation.



AUGMENTED THRUST

NORMAL THRUST

NORMAL THRUST

NORMAL THRUST,,

Vt V
750 4§9< Cy
b 750 400 &
<X < v
0.8 3800° R Cp=l Ty 0.975
ALTITUDE ng <X<3800° R
(FT) 0.8 -
4t SEA LEVEL ALTITUDE
3.5F (FT)
3 : ) AUGMENTED SEA LEVEL
38,000 5 5 /\/
) %EE 735,000
- BB L aesrETT
ZRRE T
1k = T .5 SEA LEVEL
D
L R2.0r
BX _ - 35,000
oy —~
1.0 x\\\\\f8§¥ffzz,___\\\\\\ &3§§1.5
SEA LEVEL &
UV]..OV/
I SN =N 25,000 A ~Naca -~
“ %) I | L 1 1
0 , , , , O .4 .8 1.2 1.6 2.0
0 .5 1.0 1.5 2.0 FLIGHT MACH NUMBER

Figure 7, — Effect of flight conditions on fuel consumption.

FLIGHT MACH NUMBER

Figure 6. — Effect of flight conditions on augmentation.

VIv0T



AUGMENTED THRUST

NORMAL THRUST

N vV T
750 4o§(< &
D=l p, 0.97
g Y
e 38000 R
5,
[
B .3,
6
o)
=
s
<0
=
e "z
o) 1.
st
=
=
B
e "~ [~ NORMAL
. 8
e A .
—
% O i i — T i
=

O S, & el o o 0
FLIGHT MACH NUMBER

ALTITUDE, 35,000 FEET

Figure 8., — Effect of compressor pressure ratio on augmentation.

SPECIFIC FUEL CONSUMPTION,
(LB/HR)/(LB-THRUST)

10«14

Vg VB
750 400

<X

CD=f Cy
g K< Tp 0995
0.8 3800°R -

A B8 1.2 16 2.0

FLIGHT MACH NUMBER

ALTITUDE, 35,000 FEET

Figure 9. - Effect of compressor pressure ratio on fuel

consumption,



ALTITUDE

& (FT)
. 1700 |
s 5,000
Ay 15 )
& 1500 | 40,000
(D)
gg 360 BURNER -INLET PRESSURE
i . HG ABS.
e 50,000 - (IN. HG ABS.)
_ 600 5,000 15
B B e _.20,000
2 i o e
< \_—/ 40,000 40,000 |~ %Oo
S 400 F 3
2 300} E
5,000 30,000
60 - g
:) |
: & 20,000
[7p) 1)
@ B0 =
2 10,000 |
40 20,000
Hi 0 L l | | |
g 30 |- 0 o3 4 .6 .8 1.0
= FLIGHT MACH NUMBER
@’ BLOW-OUT LIMITS OF A CURRENT TAIL-PIPE BURNER
A 20 | 40,000 RATED RPM - CONSTANT TURBINE-OUTLET
_____—___—_ﬂ_ﬂff/,,”,,,,///””// TEMPERATURE
1.0 I v | | A A Figure 11. — Blow-out limits of a typical tail—pipé burner.
0 2 4 6 .8 1.0

- FLIGHT MACH NUMBER

Figure 10. - Tail—piﬁeéburner conditions for turbojet engine.

VIv0T



EXPERIMENTAL INVESTIGATION OF TAIL-PIPE-BURNER
DESIGN VARIABLES
By Alfred‘W.'Young

Lewis Flight Propﬁlsion Laboratory -

INTRODUCTION

Designers of tail-pipe burners for turbojet engines have been
handicapped by a lack of snecific informetion that would help in
the selection of suitable burner diameter and length, flame-holder
type and size, diffuser shape, exhaust nozzle, fuel system, and
ignition system. During the past 2% years, several experimental

o

investigations of tail-pipe burning have been conducted at the NACA
Lewis laboratory with three engine types and dozens of tail-pipe-
burner configurations. Many of these burner configurations demon=-
strated the progressive effect of changing a single design variable.
Mogt of the configurations were investigated over a wide range of
simnlated altitudes and flight speeds. Data selected to show the
effect of several design variables on the operating characteristics
of tail-pipe burners are presented.

TATL-PIPE-BURNER REQUIREMENTS

The requirements that must be consgidered in designing a tail-
pipe burner for a given application are:

°

Maximum thrust

Maximum operable range _
High‘'combustion efficiency .
Minimum weight

Mininum size :

Low internal losses

Adequate shell cooling .

Satisfactory control

@~ U W

©

Each of these requirements conflicts with scme of the others.
Maximum thrust, operable range, and combustion efficiency are obtained
when burning is made easy, that is, when the velocity of the gas
entering the combustion chamber is low, when there are suitable
sheltered regions where the flame can seat, and when the combustion
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chamber is long enough .that combustion can be completed before the
mixture leaves the exhaust nozzle. Minimum weight and size may be
obtained by reducing the diameter, which will increase the gas
velocity, or by reducing the length, which may not give all the gas
sufficient time to burn inside the combustion chamber. Low internal
losses may be obtained with optimum diffuser design, low gas veloc-
ities, and the smallest possible flame holder. Provision for cool-
ing requires additional weight and results in some performance loss.
Control, the last requirement, necessitates a satisfactory variable-
area exhaust nozzle, which will be heavier than the fixed-area
conical exhaust nozzle and possibly not quite as efficient,

N\

DESIGN VARIABIES

The design variables considered in this paper are flame-holder
design, burner-inlet velocity, combustion-chamber length, fuel
distribution, diffuser design, variable-area exhaust nozzles, and
ignition systems. Tail-pipe cooling is discussed in the fourth
paper of this series,

Flame Holders

The flame holder shown in figure 1 was used in early tail-
pipe-burning experiments at the NACA Lewis laboratory (refer-
ence 1). This design proved effective in ram jets, The flame
holder consists of'V—shaped gutters grranged in horizontal and

vertical rows to form:a grid. The gutters are 1é inches wide

across the open downstream ends and are spaced 4 inches apart on
centers, This size and spacing of gutter elements proved more
satisfactory in ram Jets than a size and spacing of twice this
gcale or one-half this scale, The flame holder blocked one-half
the cross-sectional area of the combustion chamber and caused a
pressure drop of 1.25 times the velocity head of the approaching
gas. Although the V-shaped gutter-grid flame holder was very
effective, too much pressure drop was produced, the flame propa-
gated near the combustion~chamber wall would aggravate the tail-
pipe cooling problem, and the central portion would be burned out
if the rear of the diffuser inner cone were used as a pilot flame
seat.

The flame holder shown in figure 2 is one ring made of a closed’
half -round section. This semitorodial flame holder blocks about




19 percent of the combﬁstidn-chamber area and is reasonably satis=~
factory, except at high altitudes or with high gas velocities.

A two-ring V-gutter flame holder that blocks.about 23 percent
of the combustion-chamber area is shown in figure 3. The two rings
provide adequate coverage of the combustion-chamber area and also
avold flame seating on the wall. TFlame from a large pilot at the

‘rear of the diffuser inner cone passes through the hole in the cen-
;ter of the flame holder. The two-ring V-gutter flame holder is

one of the better designs investigated and permits altituvde oper-
‘ation except at extremely high gas velocities.

The "lockwasher-type" flame holder in figure 4 was constructed
of V-gutter elements and was designed to cover the sawe general
area as the two-ring V-gutter flsme holder, and to offer a maximum
perimeter from which the flames could start. The flame- holder
blocked 28 .percent of the combustion-chamber area.” The lockwasher
flame holder was not guite ag effective as a two-ring V-gutter flame
holder with the same bloclked area.

he arrangement in figure 5 is most advantageous from the
standpoint of having low internal losses. The blunt end of the
inner cone serves as the flame holder for a large pilot flame, which
is relied upon to spread throughout the combustion chamber. Such
an arrangement resulted in low combustion efficiencies and was
unsuitable for high altitude operation, and it might be adequate
where thrust augmentaticn is needed only at take-off. This type of
burner is sometimes subject to rough burning, which has been known
to shake the tail pipe hard enough to open its seams.

The flame holder in figure 6 ig intended to produce burning in
five stages, with each ring after the first vartly submerged in
flame from the proceding ring. This flame holder requires cooling,
which is accomplished by fuel that is supplied through the mounting
tubes and distributed to the rings by the longitudinal tubes. The
fuel is sprayed through small holes in the front of each ring.

The five-stage flame holder operates only at very low fuel-air ratios.
It was belatedly realized that the blocking effect of the small
forward rings, augmented by.the pressure drop due to burning, forced
the air flow toward the outsilde of the combustion chamber and thus
increased the gas velocity in the region where it was already
highest. Flame would not seat on the outer rings.

In figure 7 is the five-stage flame holder rebullt to place
the large ring forward, where its blocking effect tends to provide
a more uniform velocity distribution in the tall pipe. Flawme
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holders of this type provided reasonably satléfaétory berformance,
but were subject to local overheating, coking of the fuel, and
crackwng of the metal tubing.

The combustion efflolency obtalned with three types of flame
holder is shown in figure 8 as a function of tail- -pipe fuel-air
ratio. The data shown were obtained at rated engine speed with a
tail pipe having a burher-inlet velocity of approximately 420 feet
per second and g fixed-area exhaust nozzle. A higher combustion
efficiency was. reached with the two- ring V-gutter flame holder than
with either bhe three-stage flame holder or the large pilot alone
at altitudes of 25,000 and 45,000 feet. The peak combustion effi-
ciency decreased, however, from .0.82 at 25,000 feet to 0.59 at
45,000 .feet. The three -stage flame holder, Wthh comprised only
threc rings but was otherwise similar to the flame holder of fig~-
ure 7, reached a: peak combustion efficiency of 0.85 at 25,000 feet
and 0.49 at 40,000 feet. When no flame holder other than the
blunt end of .the diffuser inner cone:(that is, large pilot) was
used; The burner. operated satisfactorily at 25,000 feet with a peak
combustion efficlency of 0.69, but at 45,000 feet the flame was
weak and the combustion efficiency dropped to 0.12., Flame holders
that provide little blockage are generally quite satisfactory under
most favorable conditions, but they are most sensitive to the adverse
effects of high altltude or hlgh burner-inlet ve]ocltyc

of all the flame holders used in tail-pipe burners at tne Lewis
laboratory, those using V- 6utter sections proved to be the most. gen-

erally satlsFactory V- gutters mbasurlng l% to 2 1nches across the
legs of the V permitted- somewhat wider operating ranges than those
made either smaller or larger. The effect of the shape of the V-

was investigeted by operating a tail-pipe burner with three two-ring
V-gutter flame holdérs that were ildentical except for the included
angle of the V. As shown in figure 9, included angles of 20°, 35°,
and 50° were used but the width across the legs of the V wag kept
constant at lI inches and each of the flame_holdbrs blocked SO,percent
of the combustion-chamber area. - A fixed-area conical exhaust nozzle
vasg used. At an altitude of 25,000 feet, the variation in gutter -
angle had little effect on oombustlcn eIflclbncy and the best angle
appeared to be betwsen 30° and 40°, Bt 45,000 feet, the best angle
was about 30°; the combustion 8ff101bn0y dropped serlously with the
flame holder having a 50° gutter angle.

a
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 Burner-Inlet Velocity

It 1s recognized that high burner-inlet velocities are detri-

mental, but some uncertainty has existed concerning what velocities
- might be called high-and how serious their effects are. In order
to investigate the effect of burner-inlet velocity, three tail-pipe
combustion chambers having different diameters were used on one
.engine. Each of these combustion chambers was 4 feet long and was
fitted with a two-ring V-gutter flame holder providing 28-percent
blockage. The same fixed-area conical exhaust nozzle was used on
each tail pipe.

In figure 10 the symbols indicate the maximum altitudes at
which stable operation was obtained with each combustion chamber,
The two larger combustion chambers with inlet velocities of 490 and
533 feet per second operated at an altitude of 50,000 feet at a
gimulated flight Mach nuwmber of 0.2. The smallest combustion
chamber with an inlet velocity of 601 feet per second was limited
to an altitude of 35,000 feet at the same flight Mach number. Com-
bustion blow-out occurred at altitudes slightly higher than
35,000 and 50,000 fest. Lines of constant turbine-outlet pressure
‘have been drawn through the data points of figure 10 to indicate
the maximum altitudes at which stable operation could be expected
at higher flight speeds.’

The combustion efficiency obtained with the same series of com=-
bustion chambers is shown in figure 1l for three altitudes at rated
~engine speed and limiting turbine-outlet temperature. At

25,000 feet, the burner-inlet velocities for the three combustion
chambers ranged from 470 to 605 feet per second, and the cowbustion
efficiencies remained near 0.80., There is no apparent explanation
for the slight drop in combustion efficiency at the lower velocities,
which is inconsistent with the.other data. At 35,000 feet, the
combustion efficiency dropped from 0.76 at a burner-inlet velocity
of 463 feet per second to 0.69 at a velocity of 325 feet per second.
- At 45,000 feet, the combustion efficiency dropped from 0.55 at a
burner-inlet velocity of 490 feet per second to 0.40 at a velocity
of 550 feet per second. With the smallest combustion chamber, which
had an inlet velocity of 605 feet per second at 25,000 feet, the
. combustion efficiency dropped so much at 35,000 feet that limiting
turbine-outlet temperature could not be obtained.

~ Combustion-Chamber Length

The effect of combustion-chamber 1ehgth (fig. 12) was investi-
gated by using lengths of 2, 4, and 6 feet 1n otherwise identical
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burner configurations. A two-ring V-gutter flame holder that blocked
30 percent of the coumbustion-chamber area was used. At an altitude
of 25,000 feet, an increase in combustion-chember length from 2 to

4 feet raised the peak cowbustion. efficiency from 0,70 to 0.81, but
a further increase in length to 6 feet had only a negligible effect.
At 45,000 feet, the combustion efficiency was only 0.12 with the
2-foot combustion chamber and each successive increase in length
cuased a marked improvement, until with a length of 6 feet a peak
efficiency of 0.56 was reached. At 45,000 féet the 6-foot combug-
tion chawber was the only one that Would uermlt limiting turbine-
outlet tumooratur@s to be reached.

.~ Fhe effect of a single variable, such as combustion-chamber
length, would be reduced if other variables were chosen to be more
favorable for combustion. That is, with a lower burner-inlet veloc-
ity, a. larger flame holder, and a better fuel distribution system,
the effect of changing the combustion-chamber length could be
expected to be less than that shown in figure 12.

Fuel Distribution

The importance of fuel distribution is shown in figure 13 with
two different fucl systems used in the same tail pipe (reference 2).
In the wultiple-nozzle fucl system, 80 percent of the fuel was
aprayed downstream through 18 nozzles lccated in a circle just
upstream of the: flawme holder and 20 percent was sprayed radially
outward through 12 nozzles mounted in the surface of the diffuser
inner cone. At an altitude of 25,000 feet, the peak combustion effi-
ciency was 0.76 at a tail-pipe fuel-air ratio of 0.025 and was con-
giderably less at other fuel-air ratios.

In the 'spray-bar fuel sy tem, all the fuel was'injected through
elght spray bars mounted in thb diffuser annulus 55_ 1nchus upstream

“of the flame holder. Tour p%lrs of 0.040-inch holes were drilled in
each spray bar. With this configuration a peak combustion efficiency
of 0.96 was reached at a tail-pipe fuel-air ratio of 0.025 and the
cfficiency dropped only to 0.80 at a fuel-air ratio of 0.086,

The superlor performance of the spray- bar fuel system is atiri-
buted. to the:better coverage of the air stream afforibd by the spray
bars and to the distance between the spray bars and the flame holder,
which permitted sufficient mixing of the fuel and air. Experilence
with. other tail-pipe burners using similar fuel spray bars has shown
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that the holes should be located to take account of the velocity
distribution of the tail-pipe gas and that the central region should
be relatively rich to provide a strong stabilizing flame at the rear
of the diffuser inner cone. The high combustion efficiency obtained
witih the spray-bar fuel system in figure 13 is attributed to the
combination of a good fuel system with other favorable design vari-
ables. It should be noted that the burner-inlet velocity was low,
renging from 420 to 460 feet per second, and the flame holder provided
32-percent blockage.

~ Diffuser Design

- The hot gas leaving the turbine must be slowed down before it

- enters the tail-pipe combustion chamber. The diffuser-design problem
is aggrevated by the uneven velocity profile at the turbine outlet.

A typical velocity profile, taken in a standard tall cone about

10 inches from the turbine wheel, is shown in figure 14. A steep
velocity gradient exists and the highest velocity is near the oubt-
side wall.

In figure 15 are shown the lines of two diffusers that were used
with the sawe tail-pipe burner as well as the lines of the standard
engine tail cone. In the tail-pipe-burner diffuser with the long
inner cone, the rate of changa'of area wag approximately uniform,

The short inner cone of the other diffuser followed the same contour
o the point where the area ratio was l.4. After this point the
short cone gave a much more rapld area change than the long cone.

The difference in the losses produced by the two diffusers can
be determined from the curves of cver-all tall-pipe total-pressure-
loss ratio given in figure 15. The ‘curves (fig. 15) are for the
nonburning condition, where the exhaust nozzle was small enough to
.produce limiting turbine-cutlet temperatures dt rated engine speed.
The tail pipe having the short inner cone has a loss that is greater
than that of the pipe with the long inner cone by about 0.5 percent
. of- theytotal pressure. '

The design of the diffuser with the short inner cone is shown
to be better than that of the standard éngine tail cone by the fact
that the losses in the tail pipe with the ghort inner cone but no
flare holder were about the same as those in the standard tail cone.
That is, the losses incurred in slowing down the gas plus the fric-
tion losses in the long combustion chamber were no more than the
frictlion losses in the standard tail cone. These results indicate
that careful diffuser design is effective in minimizing tail-pipe
burner pressure losses and that improvement in the design of the
standard engine tail cone is needed.

|ii‘i‘iI.Iiiii.
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Variable -Area Exhaust Nozzles

One of the items needed for control of.a tail-pine burner is a
good. ‘variable-area exhaust nozzle. The clamshell type is probably
the most promising, and certainly the one on Which the most effort
has been expended. The two most improtant congiderations in designing
a clamshell nozzle are efficiency in producing thrust and durability.
High efficiency. can ‘be obtalned by ellmlnatlng leakage and using the
best possible shape.

Two clamshell nozzles of different shape are shown in fig-
ures 16 and 17. The fixed-area inner shell of nozzle A has its exit
opening in one plane and would be a desirable nozzle. As the outer
‘shells move together, however, the shape of the opening is changed
until in the closed position the -opening is no longer, even approx-
imately, .in a single plane. Gases are discharged at the sides of
this opening with a large component normal to the main thrust axis.
The movable shells of nozzle B have been shaped to keep the exit
opening apnrox1mately planar regardless of size.

Clamshell nozzles A and B and a series of fixed-area conical
exhaust nozzles were tested on the same engine to determine their
comparative pérformence (reference 3). The results are presented in
figure 18 in which the variation of corrected jet thrust with corrected
fuel consumption is shown for a single corrected engine speed (rated

value). Nozzle A in the closed position, where the corrected fuel
flow was 3340 pounds per hour, produced about 7 percent less thrust
than an equivalent conical nozzle at.the same fuel consumption.
Nozzle B produced within 1 percent of the “thrust of tﬂb conlcal
nozzles.

Clamshell nozzles on tail=-pipe burners have shown a tendency
to overheat, werp, and jam. Some progress has been made in cooling
them and reasonably satisfactory results have been obtained. Noz-
zle B withstood 40 minutes of tail-pipe burner operation without
demage. However, it is too early to say that any given design is
completely suitable for tail-pipe burners.

Tgnition Systems

Igniting the mixture in the tail pipe proved to be a trouble-
some problem. Many arrangements. of gpark plugs and pilot fuel noz-
zles were used, two ‘of which are shown in figure 19. One of the
schemes consisted of a small ram jet located upstream of the main
flame holder. The ram jet has ite own inlet diffuser, fuel nozzle,



sw%rk plug, flame holder, and jet nozzle, and was supposed to send
Jet of flame downstream to the main Ilame holder. It was com-
DWbto]y unreliable.

The second schemé congisted of a pilot fuel nozzle in the
center of a depression in the end of the' diffusecr inner cone and a
spark plug near by. Except at high altitudes this pilot wag effec-
tive when the spark plug would operate, but it was difficult to
maintain high voltage insulation inside the taill pipe. The pilot
fuel nozzles invarlably melted, but this did not matter when the
main fuel was introduced upstream of the pilot.

The stand-by mcthod of starting the tail-pipe burner was a

rapid acceleration of the engine, which sent flame back through

the tail pipe. This method is quite effective, but is not recommended
operating nractive because of the danger of overheating the turbine.
A modification of the nractice of accelerating the engine proved to
be by far the most satlsLaCtory scheme for lighting the tail-pipe
fuel. In this schewe {fig. 19), the tail-pipe fuel pump must first
be operating and producing & higher pressure than that in the engine
fuel manifold. A line from the tail-pipe fuel pump is brought to

the line supplglng one of the engine combustion chambers. A solenoid
valve and two check valves are installed as shown in figure 19. The
tail-pipe_fual is 1gnited by opening the solenoid valve for a frac-
~tion of a second. The momentary rich mixture produced in one com-
bustion chamber sends flame downstream to the tail pipe. This scheme
is positive in operation and produced over 200 gtarts on one engine
with no sign of damage to the engine.

SUMMARY OF RESULTS

The results of research on tail-pipe-burner design variables are
briefly summarized as follows:

; Lk Flame holdbrs providing little blockage were found to be
‘adequate for low altitude operation, but at high altitudes a blocked
arca of about 30 percent of the combustion-chamber area was found to

be desirable.

.'2}-Ring4type V-gutter flame holders have prowved safisfactory.
The best operating characteristics were obtained when the included
angle of the V-gutter 1ements was about 30° and the width across

the - opening of the V was 1§ to 2 1nch ¥
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3., Burner-inlet velocity is the variable that is most likely
to establish the value of a tail-pipe burner. Satisfactory oper-
ation up to an altitude of about 25,000 feet was obtained with
burners having inlet velocities as high as 600 feet per second, but
lower velocities were required at high altitudes; and every advan-
tage was found to lie with burners having inlet velocities in the
range from 400 to 450 feet per second.

4, In burners indentical except for combustlon-chamber length,
a length of 4 feet was found to be sufficient to provide the best
performance at altitudes up to 25,000 feet, whereas at an altitude
of 45,000 feet a cowbustion-chamber length of 6 feet was not enough
to develon the maximum combustion efficiency.

5. The highest combustion efficiencies were obtained when the
fuel was injected as far as possible upstream of the flame holder and
when the fuel distribution was made to match the air-flow distri-
bution as closely as practicable.

6. Tail-pipe pressure losses have been reduced by careful
diffuser design, but the data are not sufficient to establish an
cptimum diffuser design.

7. A variable-area exhaust nozzle can be designed to be nearly
ag efficiency as a fixed-area conical nozzle, but variable-area
nozzles have not yet been thoroughly proved in tail-pipe-burner
operation.

8, Dependable methods for starting a tail-pipe burner were
available,
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Figure 1. = V-shaped gutter-grid flame holder.
Figure 2. - Semitoroidal flame holder.
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Figure 3. - Two-ring V-gutter flame holder.

Figure 4. - Lockwasher flame holder.
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Figure 5. - Large pilot in blunt end of inner cone.

Figure 6. - Five~stage flame holder.
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TAIL-PIPE COMBUSTION EFFICIENCY
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Figure 7. - Modified five-stage flame holder.
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Figure 8. - Tail-pipe combustion efficiency for three flame-
holder configurations. Exhaust-nozzle area constant;
rated engine speed.
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Figure 9. - Effect of flame-holder gutter angle on tail-pipe
combustion efficlency. Rated engine speed.
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TAIL-PIPE COMBUSTION EFFICIENCY
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Figure 1ll. - Effect of burner-inlet velocity on tail-pipe
combustion efficiency. Rated engine speed; limiting
turbine-outlet temperature.
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Figure 12. - Effect of combustlon-chamber length on tail-pipe
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TAIL-PIPE COMBUSTION EFFICIENCY
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Figure 13. - Tall-pipe combustion efficiency for two fuel sys-
tems. Burner-inlet velocity, 420 to 460 feet per second.
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Figure 1l4. - Typical velocity profile near turbine outlet.
Altitude, 5000 feet; rated engine speed.
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OPEN CLOSED

Figure 16. - Clamshell nozzle A.

OPEN

Figure 17. - Clamshell nozzle B.
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PERFORMANCTE CHARACTERISTICS OF SEVERAL TATL-PIPE BURNERS

By William A. Fleming and Harry W. Dowman

Lewis Flight‘Pfopulsion»Laboratory

INTRODUCTION
Performance theoretically calculated for tail-pipe burning and
experimental results indicating the effect of the various design
conslderations on burner characteristics at altitude are discussed
in the two preceding papers of thils series. Included in this paper
are experimental results thot show the performance and the operable
range of several tall-plpe burners at altitude conditions.

A considerable amount of data was obtained for a large number
of different tall-nipe-burner configurations with the J34 engine,
the J35:engine, and an experimental version of the J47 engine.

Some of the more recent tail-pipe burning results for four of these
burners are presented. Thrust performance, burnsr-outlet tempera-
tures, specific fuel consuvmptions, cowbustion efficiencies, the
orerable ranges of tail-pipe fuel-air ratio, and burner-inlet pres-
sure, temperature, and velocity are shown for a range of flight
condltlous o ‘

v

‘TAIL—PIPEfBURNER INSTALLATIONS

Four tail-pipe burners are counsidered. Burners A and B were
installed on a J34 engine, burner C on a J35 englne, and burner D
on an experimental versiom of the J47 engine.

Burner A. - Burner A (fig. 1), which was installed on a J34
engine, was attached to tho standard engine tail cone and has an

over-all length of about 8§-feet. The ges leaving the turbine is

diffused to E'ZBFinch—diameter section where the flame holder .is
ingtalled., The combustion chamber is a 40-inch conical section that

o 2 : < £ 7
tapers from 23 inches in diamotor at the flame holder to 1815-1ncbos
at the outlet.

The flame holder consists of two semicircular-gutter-type rings
Jjoined with four radial struts of similar conmstruction. This flame
holder blocks approximately 25 percent of the cross-sectional area
of the tail pipe. Both the rings and the radial struts of the flame
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holder are provided with small slots on the upstream face.- Fuel is
injected through five circular tubes located immediately upstream of
the flauwe holder. Two of these tubes, wiich are alined with the

two flame-holder rings, inject the fuel through several smell orifices
in a downstream direction through the slots of the flame holder. Fuel
ig injected Trom the other three tubes through swall orifices in an
upstream directiocn.

A two-pogition variable-arca exhaust nozzle was used on the
burner, which in the closed position has a proJjected elliptical area

equivalent to a circular diameter. of 15% inches. During tail-pipe

burner operation, this nozzle was in the wide-open positlon and the
throat area was provided by the outlet of the combustion chamber.

A shroud was installed around the burner through which air
flowed to cool the burner shell during operation.

‘Burner B.'- Burner B (fig. 2) which was also ingtalled on a
J34 engine, has an over-all length, 1nclud1n5 the diffuser section,

of about 10 feet and a maximum diameter of 25— inches. The exhaust
gas was diffused to the combustion chamber, whloh is 25Z inches in
diameter and 6 feet long. A fleme holder was installed 18 inches
downstream of the front flange of the ccmbustion chamber, thus giving
a burning length of 4— feet upstream of the fixed-area conical

exhaust nozzle. The exhaust nozzle is 195 inches in diameter at the
outlet.

Fuel 1s injected 4£ inches downstream of the turbine through
olght streamlined snr%y tubcs, this arrangement gives a mixing length
for the fuel of 355 inches between the fuel injector and the flame

helder. Each spray tube hag four pairs of impinging Jets through
which the fuel is sprayed into the diffuser. The downstream end of
the inner conec was cub off where it was 5 inches in diameter with the
blunt end covered by a disk, thereby profiding a turbulent region for
the purpose of seating a stabilizing flame in the center of the tail
pipe.

A two-ring V-gutter flame holder that blocks 32 percent of the
burner cross-sectiocnal area was installed. The mean diameters of

he outer and inner gutters are 17 and 10 inches, respectively; the
included angle of the gutters 1s 30%; and the distance across the

open end of the gutters is 1% inches.
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The burner shell was cooled only by the flow of low-ve1001ty
alr over tlie outside of tle burner.

Burier C. - Burner C (fig. 3), which was installed on a J35
engine , has an over-all length, including the diffuser section, of
about 9 feet and a maximum dismeter of 29 inches., The exhaust gas
was diffused to the combustion chawber, which ig 29 inches in diameter
and 4 feet long. The flame holder was located at the upstream end
of the ccmbustion chamber, giving a 4-foot. burning length between the
flame holder and the fixed-area conical exhaust nozzle. The outlet

diameter of the exhaust nozzle is 20§ inches.

Fuel wag injected in the diffuser through 12 streamlined spray
tubes installed 14 inches upstream of the flame holder. Xach tube
had four pairs of small orifices that injected fuel from opposite
sides of the tubes into the gas stream normal to the direction of
flow. The decwnstream end of the innex cone was cut off ‘where 1t was

8% inches in diameter and a concave dome was installed that provided

a turbulent region for the vurpose of seating a stablizing flame in
the center of the pipe.

A twe«ring V-gutter flame holder similar to the one used in
burner B blocked 29 percent of the burner cross-sectional area. The

mean diameters of  the outer and inner flame-holder rings are ¢l~ and
9§ inches,. respectively; the included angle of the gutters is 350

and the distance across the open ends of the gutters is l§«inches.

A cooling liner extended the full length of'the combustion
chamber; and a %«inch radial gap was provided between the liner and

the outer shell through which flowed part of the exhaust gas at approx-
imately turbine-outlet temperature.

Burner D. - Burner D (fig. 4), which was installed on the exper-
imental version of the J47 englne, has an over-all length, including
the diffuser section, of about 9 feet and a maximum diameter of

.- 32 inches. The exhaust gas was diffused to the 32-inch-diameter

. combustion chamber, which is 4 feet in length. The flame holder was
ingtalled at the forward end of the ccmbustion chamber, thereby
giving a 4-foot burning length upstream of the fixed-area conical

exhaust nozzle. ‘The diameter at the cutlet of the exhaust nozzle is

25% inches.,
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Fuel was injected in the diffuser 14 inches upstream of the flame
holder through 12 stream lined spray tubes similar to those used in
burner C. Xach tube had four pairg of orifices that injected fuel
from oppogite gides of the tubes into the gas stream normal to the
directicn of flow., The downstream end of the inner cone was cut off
where it was 14 inches in diameter and a concave dome was installed
that provided a large turbulent region for the purpose of seating
a gtabllizing flame in the center of the pipe.

The flame holder was a two-ring V-gutter flame holder, similar
to those used in burners B and C, and blocked 32 percent of the
burner cross-sectional area. The mean diameters of the outer and
inner flame-holder rings are.23 and 14 inches, respectively; the
inclunded angle of the gutters is 35°; and the distance across the

R
open end of the gutters is l%é inches.

A cooling liner, similar to that used in burner C, extended the
full length of the cowbustion chamber and 12 inches into the exhaust

nozzle. A %-inch radial air gap was provided between the liner and

the outer shell through which part of the exhaust gas flowed.

TATL-PIPE-BURNER PERFORMANCE

Burner A. - Performance data obtained with burner A over a
gented in figures 5 and 6. These data were obtained at maximum
engine speed with a turbine-outlet temperature of approximately
1600° R. The burner-inlet velocity varied from 440 to 480 feet per
second for these conditions. The augmented thrust was obtained with
the tail-pipe burner installed and the normal thrust was obtained with
the stendard engine tail pipe.

With tail-pipe burning (fig. 5), the ratio of augmented thrust
to novmal thrust increased frowm a value of 1.27 at a flight Mach
number of 0.25 to 1.84 at a flight Mach number of 0.85. When the
tail-nipe burner was inoperative, the thrust obtainable at limiting
turbine -outlet temperatures was 4 percent less than that available
with the standard engine tail pipe at the same operating conditlons.

The specific fuel consumption with and without tail-pipe
burning is shown in figure 6. With tail-pipe burning the specific
fuel consumption decreased rapidly as the flight Mach number was
raised, varying from a value of about 3.25 at a flight Mach number
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of 0.25 to a yalue of 2.10 at a flight Mach number of 0.85. The
specific fuel consumption with the stendard engine tail pipe and
" exhaust nozblu was 1.40 at a flight Mach nuwber of 0.85.

The'oﬁerable range of tail-pipe fuel-air ratios at an altitude
of 20,000 feet is shown in figure 7. Tail-pipe fuel-air ratio is
dcflned ag the ratio of tail-pipe fuel flow to the unburned air flow
enberlng the tail pipe. The maximum operable tail-pipe fuel-air
ratlo wag limited by turbine-cutlet temperature and the minimum
fuel-air ratio by lean combustion blow-out. At a flight Mach num-
ber of 0.85 at an altitude of 20,000 feet, it was possible to oper-
ate burner A between tail-pipe ueT—alr ratios of 0.0395 and 0.0486.
The maximun operablé'fuel~air ratio is significant only for the
exhaust nozzle used with burner A. With a larger outlet area, the
burner could have been operated at higher tail-pipe fuel-air ratios.

The altitude limits of operation at maXLmum engine speed and
turbinewoutlbt temperature of about 1625° R are shown in figure 8.
At each flight Mach number, a band of uncertain operation amounting
to about 8000 feet in altitude was encountered within which combus-
tion blow-out occurrcd. Altitudes at which the engine could be
onerated w1thout encountering combustion blow-out varied from
24,600 fest at a Mach nuwber of 0.25 to 34,200 feet at a Mach num-
ber of 1.0. Over the entire range of fllght conditions, this limit
of combustion blow-out occurred at an approximately constant burner-
1nlet pregsure . ‘

, Burner B - PerTormanue data obtalned with -burner B are pre-
SLUth in flbures ¢ and 10 for a range of flight Mach numbers at
altitude of 25,000 feet (reference 1). These data were obtained

wt maximim engine speed and the turbine-outlet temperature with
tail-pipe burning was 1650° R, whereas the turbine-outlet temper-
ature with the standard engine tail pipe varied from 1650°R at a
flight Mach number of 0.25 to 1620° R at a flight Mach number of
0.72. The burner-inlet VLlOCLty was approximately 455 feet wer
‘second for these condltlons.

The ratio of augmented thrust to normal thrust (fig. 9)
increased from a value of 1.31 at 2 iWLghE Mach number of 0.25 to
1.73 at a flight Mach number of O. The burner-outlet tegoerature
incréased slightly with flight Mach number, reaching a value of
3470° R at a flight Mach number of 0.72. This temperature corre-

sponds to .a burner temperature rise of 1820° R and to an over-all
fuel-air ratio of 0.052, where the over-all fuel-air ratio is
defined as the engine fuel Dluu tail-pipe fuel divided by the toual
air flow,
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The specific fuel consumption with and without tail-pipe
burning (fig. 10) varied only slightly over the flight conditions
investigdted. At a flight Mach number of 0.72, the specific fuel
consumption was 2.55 with tail-pipe ‘burning compared with 1.19 with
the standard ergine tail pipe. ' Exy :

The tail= ‘pipe combustion e¢f101e103 is presented in figure 11
a8 a unotlon of tail-pipe fuel-air ratio, As mentioned previously,
tail-vipe fuel-air ratio is defined as the ratioc of tail-pipe fuel
flow.to unburned alr flow entering the tail nipe. Because the tail-
pipée fuel-dir: ratlo was varied by changing the tail-pipe fuel flow
with a ‘1xod-area exhaust nozzlc, the conditions at’ the burner inlet

also changed.

Variations in burner-inlet total temperature, total pressure,
and velocity with tail-pipe fuel-air ratio are also shown in figure 11,
For the range of fuel-sir ratios investigated, the total temperature,
the total pressure, and the burner-inlet velocity increased with
fuel-air ratio. "As the tail-pipe fuel-air ratio was raised, the
combustion efficiency dropped from a peak value of 0,96 at a tail-
pipe fuel-air ratio of 0.025 to a valuc of 0.86 at limiting turbine-
outlet temperature of 1650° R and tail-pipe fuel-air ratio of 0.050,
the condition for which thrust and specific fuel consumption data
are presented in figures 9 and 10. The Increase in burner-inlet
pressure accompanying the change in flight Mach number from 0.26 to
0.84 had no anparcnt effect on the tail-pipe combustion efficiency.
The primary factor affecting combustion efficiency 1is believed to
be the fuel distribution in the tail-nipe burner, because at a given
fuel-air ratio changes in burner-inlet nressure had no apparent
effect on ‘combustion efficiency.

he operable range of tall-pipe fuel-air ratios at an altitude
of 25,000 feet 1s shown in figure 12 as a function of flight Mach
number The maximum fuel-air ratio was limited by turbine-outlet
temverature and the minimum fuel-air ratio by lean combustion blow-
out. At a, flight Mach number of 0.72, stable burner operation vas
possible at tail-pipe fuel-air ratios between 0.024 and 0.053. The
minimum operable fuel-ailr ratio for burner B was gomewhat. lower
than that for burner A, which was 0.041 at a Mach number of 0.7z2.
The maximum fuel-air ratlo is gignificant only for the size exhaust
nozzle used.

Burner C. - Performance data for burner C at an altitudb'of

g,,OL feet over a range of flight Mach numbers are presented in
figures 13 and 14. These data were obtained at maximum engine speed
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and at turbine-outlet temperature (both with and without tail-pipe
burning) of 1600° R. The burner-inlet velocity was about 415 feet
rer second for these Tlight conditions. !

.. The ratio of augmented thrust to normal thrust with tail-pipe
burning[(fig. 13) increased from 1.41 at a flight Mech number of
0,27 .t9.1.74 at a flight Mach number of 0.92. The burner-outlet
temﬁeraﬁure increaged slightly with flight Mach number, reaching a

- value of 3150° R at a flight Mach number of 0.92. This temperature
cprréspoﬁds to a burner temperature rise of 1750° R with an over-
all fuel-air ratio of 0.475. The net thrust obtained at limiting
turbine-ocutlet temperature with the tail-pipe burner inoperative is
shown to be about 'l percent less than the thrust obtainable with
the standard engine tail pipe. This small loss in thrust results
from the fact that the ratic of total-pressure loss between the
turbine outlet and exhaust-nozzle outlet to the turbine-outlet total
pressure is only slightly higher for the tail-pipe burner (0.025)
than with the standard tail pipe (0.010) at the same turbine-outlet
conditions. Nelther value Iincludes the pressure loss across the
exhaust-nozzle outlet.

The specific fuel congumptions with and without tail-pipe
burning increased only slightly with flight Mach number (fig. 14).
At a flight Mach number of 0.92, the specific fuel consumption was
2.21 with tail-pine burning compared with 1.26 with the standard
renglne. The specific fuel consumption with tail-pipe burning was
slightly lower for burner C than for burner B. However, burner B,
as shown subsequently, was operated at a higher tail-pipe fuel-air
ratio and thus a greater percentage of the total fuel flovw wae
being burned in the low-¢fficlency part of the engine plus tail-
pipe-burner cycle.

- .Tall-plpe combustion efficlency is prescuted as a function
of tail-pive fuel-air ratio for a range of flight Mach numbers at
an altitude of 25,000 feet (fig. 15) and for a range of altitudes
at a flight Mach number of 0.27 (fig. 16). These data were also
obtained with a fixed-areca exhaust nozzle, and therefore, the
variations in burner-inlet  total temperature, total pressure, and
velocity are shown in the figures. The burner-inlet temperature
and pressure Increased with tail-pipe fuel-air ratio, whereas the
burner-inlet velocity wremained substantially constant between 410
and 420 feét per sceond. t a gilven fuel-air ratio, the burner-inlet
temperature remained approximately constant with changes in alti=-
tude and flight Mach number. Ccmbustion efficiency increased
rapidly with tail-pipe fuel-air ratio, reaching a peak at a fuel-
alr ratio of” about 0.030.  The combustion efficiency dropped off
glightly at higher fuel-air ratios.
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Over the range of flight Mach numbers investigated, changes
in tail-pipe pressure dué to vakriations in flight Mach nuwber
(fig. 15) "or in altitude up to:35,000 feet (fig. 16) had no effect
on the cowbustion efficiency. Increasing the altitude from 35,000 to
45,000 Teet at a flight Mach nuwber of 0.27 did result in a decrease
in combustion efficiency amounting to'about 0.10 at a turbine-outlet
temmerature of 1600° R. -The trend of these combustion efficlency
data with fuel-air ratlio up to an altitude of 35,000 feet is again
attributed to the ftiel distribution in the tail-pipe burner because
changing the. pressure at a given fuel-air ratio within the range of
presgiure investigated had no effect on the combustion efficiency.
With this particular burner-inlet velocity and fuel distribution,
the critical burner-inlect pressure 1s reached between altitudes of
35,000 and 45,000 feet at a flight Mach number of 0.27, where the
nressure then becomes a principle variable affecting the combustion
efficiency.

The operable range of tail-pipe fuel-air ratios 1s shown in .
figure 17 as a function of altitude at a flight Mach number. of 0.27.
The maximum operable fuel-ailr .ratio was limited by turbine-outlet
tewperature, whereas the minimum fuel-air ratio was limited by lean
combustion blow-out. At each altitude, combustion blow-out was
encountered within the range of fuel-air ratios shown in figure 17
a8 the region of uncertain operation. The region of uncertain oper-
ation occurred at higher tail-pipe fuel-alr ratios as the altitude
was increcased. At an altitude of 45,000 feet and a flight Mach
number of -0.27, operation was possible at tail~-pipe fuel-air ratios
between 0,029 and 0.040; however, the meximum fuel-air ratio is
gsignificant only for the size exhaust nozzle used.

Burner D. - Performance data obtained with burner D are pre-
sented in figures 18 and 19 for an altitude of 25,000 feet and a
range of flight Mach nuwbers. These data were obtained at maximum
engine sheed and the turbine-~outlet temperature was 1675° R both
with and without tail-pipe burning. .

The ratio of augmented to normal thrust increased from 1.34 at

ight Mach number of 0.22 to 1.78 at a flight Mach number of 0.82

. 18). Burner-outlet temperatures increased from 2975° to
5250 R with this increase in flight Mach number. The large increase
in temperature is mainly attributed to an increase in engine com-
ponent efficiency as the flight Mach nuwber wls raised. The burner=
outlet temperature of 3525° R correspends to a burner temperature
rige of 1850° R with an over=-all fusl-air ratio of 0.053, The total-
rressure~loss ratio measured across the tail-pipe burner when it
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as inoperative (0.050 to 0.055) was slightly more than that meas-
ured across the standard engine tail pipe (0.045) at.the same
turbine~outlet conditions. As a result, the net thrust obtainable
qt limiting turbine-outlet temperatures with the burner inoperative

2g 0.5 to 1 percent less than that obtalnable with ‘the standard
engLHe tail pioce.

The specific fuel consumption with tail-pipe burning (fig. 19)

increeged slightly up to a rlight Mach nuwber of abodt 0.45 and
then decreased slightly at higher Mach numbeke. The increase in
_specific fuel consumption at low flight Mach numbers is attributed
.to the corresponding increase in tail-pipe fuel-air ratio with no
change ‘in tail-pire combustion efficiency. The decrecase in gpecific
fuel consumption at £light Mach numbers above 0.50 is attributed to
the fact that the combustion efficiency is increased. This increase
in. combustion efficiency had a greater effect than the further increase
in tail-pipe fuel-air ratio. A a flight Mach number of 0.81, the
upc61f10 fuel consumption was 2.49 with tall-nlne burnlnv compared
with 1.38 with tho sbandard engine tail vmpo.

Tailuﬁipe combugtion effi iency is presented ag a function of
tail-pipe fuel-air ratio for a range of flight Mech rnumbers at an
altitude of 25,000 feet. (fig. 20).and.for,a range of altitudes at a
flight Mech number of 0.22 (fig..21). The variations in burner-
inlet total pregsure, total temveraturc, and velocity as a function
of tail-pipe fuel-air ratio are also shown in these figures. At'a
gilven. fuel-air ratio, changes in flight Mach migber had no effect on
burner-inlet velocities, although increases in altitude raised the
burner~inlet velocity. The combustion efficiency increased rapidly
w1tb fuel-air ratio and reached a maximum value at a fuel-air ratio
of about 0.035 with the exception of the data obtained at 45,000 feet
altitude where operation was erratic. For the range of fuel-air
ratios jnvestigated, the combustion effioiency'remained essentially
constant above a fuel-air ratio of 0.035,

The data in figuré 20 show that thée variations in burner-inlet
DreSsuru, accompanying changes in flight Mach nuwmber for the range
T burner-inlet velocitles from 460 to 515 feet per second, had a
aelln;te effect on the tail-pipe combustion ofllClenOy Ralslng the

. flight Mach nuwber from 0.27 to 0.52, which represents a change in

tail-pine pressuru of 15 percent, had no apparent effect on the
' combustion efficiency. A furthor increase in flight Mach nuwber,
however, from 0.52 to 0.81, whicl corresponds to a rise in tail-
.pipe pressure of about 30 perncnb, ralged the peak CFmbusc*on
ef11c1enoy from O. oO to 0. 90 '
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Theoreasing the altitude from 15,000 to 35,000 feet resulted

in unifuin reductione in peak combustion efficiency:from 0.85 to
.76 (Pig. 21) which accompanied a decrezse in pressure and a
slight increase in velocity. Between 35,000 and 45,000 feet, a. .
critical region was encountered with the result that operatlon was -
cmeviat erratic at 45,000 feet with considerably lower cowbustion
efficiency. At a given tail-pipe fuel-air ratio (fig. 21), oper-
ation was possible in two regions of teil-pipe combustion effic1ency
at 45,000 feet altitude. In the higher region of combustion effi-
ﬂi@ncd, it was observed through a. periscope that the Tlame was

gseated on the entire flame holder. When the lower cowbustion effi-
ciencies wore encountered, however, observation through a periscope
revealed that the flame on the outer ring of the flame holder had
blown out. ' ‘ : ‘

(‘\

U
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The fuel distribution with burner D was quite similar to that.
of burner ¢ and, although the diffuser inner cone was shorter and
was larger in dlameter at the downstream end, the ‘primary differ-
ence between the two burners was an increese in burner-inlet veloc~
ity from about 415 feet per second with burner C to a range of 460 to:
515 feet per second with burner D.

The operable range of tail-pine fuel-air ratios is presented
as a functlon of altitude at a flight Mach number of 0.20 in fig-
ure 22. . The mpx1mum operable tail-pive fuel-air ratio was limited
by turbine-outlet temperature and tne wminimum . operable fuel-air
ratio was limited by lean combustion blow~out.: As with burner C,
combustion blow-out occurred over a range of fuel-air ratios at
each altitude. Thig range of combustion blow-out is indicated as
the region of uncertain operation. The region of uncertain oper-
ation occurred at higher tailw-pipe fuel-air ratios as the altitude
wag increased to 35,000 feet. The data obtalned were insufficient
to completely detergine the region of uncertain’ operation at -
45,000 feet. The rapid reduction in maximum tail-pipe fuel-air
ratio at altitudes up to 35,000 feet is attributed to lowered engine
commonent efficiency at the high altitudes. Operation at a scme-
what 1*gher fuel-air ratio at 45,000 feet than was possible at
35,000 feet is attributed to the large drop in combustion el tficiency
between these two altitudes, which, as a result, required a con-
siderably higher tail-pipe fuel-ailr ratio at 45,000 feet in order to
obtain limiting turbine-outlet temperature. Aﬁ 35,000 feet,operation
was possible between tail-nipe fuel-air ratios of O 031 and O 038.
The minimum fuel-air ratio was slightly higher than that with
burner C, 0.026 at 35,000 feet. The maximum fuel-air ratie is sig-
nificant only for the size- expaust nozzle used.

_—
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SUMMARY OF RESULTS

Tlie data presented herein showed that at an altitude of
25,000 feet and a flight Mach nuuber of 0.85 it was possible to obtain
thrust gains with tail-pipe burning amounting to about 0.80 of the
normal thrust. The data also showed that up to 35,000 feet alti-
tude it was possible to waintalin tle tail-pipe cowbustion effi-
ciencies in the region of 0.85 with burner-outlet tewperatures of
about 3500° R. Burner-inlet velocity was shown to be a principle
factor in maintaining the combustion efficiency approximately con-
stant over a wide rangs of flight conditions.

With a burner having an inlet velocity of 415 feet per second,
the combustion efficiency was unaffected by changes in flight Mach
number un to 0.92 at 25,000 feet altitude and changes in albitude
up to 35,000 feet at a flight Mach rumber 0.27. With a burner
having an inlet velocity of about 460 to 515 feet per second,
however, increasing the burncr-inlet vressure by raising the flight
Mach number from 0,52 to 0.8l at 25,000 feet altitude increased the
peak combustion efficiency frcem 0.80 to 0.90. Increases in burner-
inlet velocity were algo shown to raige the tail-pipe fuel-air
ratio at which lean blow-out of the burner occurred at all altitudes.

1. Fleming, William A., and Wallner, Lewis A.: Altitude-Wind-Tunnel
Investigation of Tail-Pipe Burning with a Westinghouse X24C-4B
Axial-~Flow Turbojet Ingine. NACA RM No. E&J25e, 1948.
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Figure 5. - Thrust performance for burner A. J34 engine;
altitude, 20,000 feet; burner-inlet velocity, 440 to 480
feet per second; turbine-outlet temperature, 1600° R.
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Figure 6. - Comparison of specific fuel consumption for J34
engine with standard tail pipe and with burner A. Altitude,
20,000 feet; burner-inlet velocity, 440 to 480 feet per
second; turbine-outlet temperature, 1600° R.
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Figure 9. - Thrust performance and burner-outlet temperature
for burner B. J34 engine; altitude, 25,000 feet; burner-
inlet velocity, 455 feet per second; turbine-outlet tempera-
ture, 1650° R.
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Fizure 10. - Comparison of specific fuel consumption for J34
engine with standard tail pipe and with burner B. Altitude,
25,000 feet; burner-inlet velocity, 455 feet per second;
turbine-c tlet temperature, approximately 1650° R.
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Figure 13. - Thrust performance and burner-outlet temperature
for burner C. J35 engine; altitude, 25,000 feet; burner-
inlet velocity, 415 feet per second; turbine-outlet temper-
ature, 1600° R.
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Figure 14. - Comparison of specific fuel consumption for J35
engine with standard tail pipe and with burner C. Altitude,
25,000 feet; burner-inlet velocity, 415 feet per second;
turbine-outlet temperature, 1600° R.
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Figure 19. - Comparison of specific fuel consumption for J47
engine with standard tail pipe and with burner D. Altitude,
25,000 feet; burner-inlet velocity, 465 feet per second;
turbine~outliet temperature, L675° R.
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COOLING OF TATL-PIPE BURNERS

. By William K. Koffel.
and Newell D. Sanders

- Lewis Flight Propulsion Laboratory.

INTRODUCTION

Combustion temperatures of 30000 to 4OOOO R reached in tail-
pipe burners make cooling necessary to prevent destruction of the
burner shell and to avoid overhecating the surrounding aircraft
structure. = The high-temperature alloys currently used in tail-pipe-
burner construction have maximum allowable temperatures of about -
2000° to 2200° R and airplene structures of aluminum alloys are
limited ‘o temperatures of about 6600 to 7600 R by strength consider-
ations.

. This paper presents some preliminary results of an analytical
and experimental investigation of several methods for tail-pipe-
burner cooling in progress at the NACA Lewis laboratory. A general
method for computing the maximum wall temperature of cooling systems
utilizing annular cooling passages is also given and applied to a-
system in which some of the turbine-outlet gas is used as the cooling
fluid.

- MITHODS OF COOLING-

Tail-pipe burner .cooled by- stratification of: combustion. -
The simplest means of. tail-pipe-burner cooling is by stratification
of combusticn in order to preserve a relatively cool layer of gas
between the hot combustion zone and the burner shell. This stratifi-
cation can be accomplished with.an annular-type flame holder having
redial clesrance. from the shell sufficient. to prevent impingement
of the turbulent vake of burning gases on the shell. . Cooling by
otratlfngtWOn is present in varying degrees in all tail-pipe
burner Figure. 1l illustrates the COOlln’ of ‘a thin chell com-

buqtlon chamber by a combination of internal stratification and
external convection and radiation to the free stream.

An experlmental tall—D;De burner utlllzlng stratification
plus externel cooling by free conveotlon and radiation to the
surroundings was tried on a J35 engine in a sea-level static



test stand, The CVllndrlcal shell of the experimental burner, which
is senotructed of ié-lnch—thlch Inconel, has an internal diameter of
a‘j inches The annular flame holder used in this burner has a semi-

circular cross section 2.inches wide at the downstream side and a

nean diameter of 16 inches, leaving 3% inches of radial clearance to
the shell. (See fig. 2 of second paper in this series.) The com-
bustion zone extended 72 inches downstream of the flame holder to
the exhaust-nozzle outlet; however, measurements of shell tempera-
tures 48 and 72 inches downstream of the flame holder were nearly
equal and were the highest shell temperatures mescured.

Temperature of the shell measured 48 inches downstream from
the flame holder and the average temperature of the turbine-outlet
ges are shown in figure 2 as a function of the final combustion temper-
ature. These data were obtained at rated engine speed and an average-
mass velocity of 18.8 pounds per second per square foot of burner
flov area. The turbine-outlet temperature increased as the combustion
temnerature increased to 30000 R. At higher combustion temperatures,
the turbine-outlet temperature was held at about 1715° R by increasing
the flow area of the variable-area exhaust nozzle. The shell temper-
ature followed the game trend as the turbine-outlet gases and the
highest shell tempe"ature meacured was abovt lGoOO R at a final com-
buutlon telporqture of" 35009 R+

The same tail-pipe burner with a modified diffuser was oper-
ated on a J34 engine in the altitude wind tunnel where external
cooling by free convection and radiation was approximately the same
as in the static test-stand installation. The downstream end of
the shell was stieaked with hot spots, which may have resulted .

from the lower velocity ini-the tail pipe for: the smaller engine,
ﬂnd consequently the lower velocity gave qUf¢101ent time for the
Tlame to reacn the ghell

Visual observations of the same tail-pipe burner and original
ser on another J35 nngine in the altitude wind tunnel indicated
tnct cooling was less ef Tective, combustion efficiency was lower,
and operaticnal characteristics were poorer at altitude than at
sea-level static conditions. The combustion efficiency and-opera-
tional characteristics at altitude were improved by replacing the
original annular flame holder with a two-ring V-gutter flame holder
having a radial clearahce of 4 4-1/16 inches and located 14 inches
upstream of the position of the annular flame holder.. The nozzle
end of the tail-pipe burner was severely overheated and burned,
indicating inadequate stratification.

—



These experiences illustrate that the stratification method
of cooling is adversely alfected by the requirements for service at
high altitudes. The need for greater burner length, low velocities
end difverent flame-holder design for the high-altitude condition
increases the difficulty of maintaining the cool layer of gas next
to the ghell for operation at low altitude.

Toil-pipe burner cooled by liguids. - Another method of cooling
is shom in figure 5 in wiich & helical cooling coil encircles the
burner shell. The use of fuel as a coolant was .tried in several exper-
imental tail-pipe burners and ram-jet burners.. Although preheating
and vaporizing the fuel as it passed through the cooling coil improved
combustion efficiency, the quantity of fuel required Tor combustion
was insufficlent to hold the shell temperature at values where fuel
cracking and coking do not occur. ' Fuel cooling was also subject to

vapor lock and to consequent hot spots that, together with the high-

temperature grodients in the shell between 00113, caused- buckling
and rupture of welds

-The use of coolants other th%n fuel is more or less precluded
by the necessity for the addition of plumbln 5. pumps, and a heat
exchanger.

Tﬂ11~n¢pe burre cooled by turbine gases. - Anothcr method
of cool"nn conveys a vortion of the high-pressure gases from the
turbine outlet through an annular passage formed betireen an internal
liner and the shell to insure a layer of relatively cool gases next
to the shell (fig. 4). The internal liner assumes a temperature
between the cooling-gas temperature and the combustion-gas tempera-
ture. Although the liner may be hotter than a shell cooled by
stratification of combustion, low. stresses make high temperatures
in the liner leus serious than high" temperatureu in the stressed
chell. The adventages of this system are the built-in supply of

,hlgh-“reuuure cooling gases that provide cooling under take-off
“conditions and.the greater freedom in® selecting flame holders for

improved performance at high altitudes One dwsadvantane is the
small difference between the allowuble temperature of the liner and
the temperature of the cooling gases. This small difference limits
the length of liner that may be adecuately cooled.

An uninsulated te il-pive burner with internal liner was used
extensively in the investigations reported in the second and third
vrapers of this series. A view of the upstream end of an experimental

burner with an internal liner is shown in figure 5. This burner
has a diameter of 32 1nches and a length of 4 Teet plus an exhaust
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nozzle. The liner is 0.040-inch-thick Inconel and forms an annular
AL . : A :
passage é—nnch high. Many schemes for supporting the liner were

tried. The interlocking channels shown in figure 5 proved most
successful in permitting freedom for thermol expansion and in
supporting the liner against the pressure difference across it.
Mecuate ccoling was provided over a wide range of operating condi-
tions. More than 20 hours of operation with tail-pipe burning have
been accumleted on one liner of this type with only minor distor-
tions.

A tail-pipe burner similar to the one shovm in figure S but
having 2 shell diameter of 29 inches, a liner yg-inch thick, and a
two-ring V-gutter flame holder with a radial clearance of BZ inches
was tested on a J35 engine: . Temperatures of the liner, the cooling
gos, and the chell measured 48 inches dovmstream of the flame holder
are plotted against mass velocity in figure 6. 'The data were obtained
at approximately rated turbine speed for an average mass ratio .of
cooling ges to combustion gas of 0.066 and an average final combustion
temperature of 28600 R.  The mass velocity was varied by changing the
altitude and flight Mach number. At a mass velocity of 15.5 which
corresponds to an altitude of 5000 feet and a flight Mach number of
0.27, the temperature of the liner and the shell were 2120° and
1430° R, respectively. This shell temperature is 160° colder and
the lincr temperature is 5300 hotter than the shell temperature of
1590© R (fig: 2), corresponding to a final combustion temperature
of 2860° R and a mass velocity of 18.8, vhich was obtained in sea-
level static tests of the -thin shell cooled by stratification of the
combustion gases, ‘

As altitude increcased, the temperatures (fig. 6) of the liner
and the shell decreased until an altitude of about 25,000 feet was
rcached. Between altitudes of 25,000 and 45,000 feet, the tempera-
turcs wore avproximately constant with ‘a liner temperature of 1730° R
and a shell temperature of 1250° R, : ‘

Teil-pipe burner cooled by air. - Another method for tail-
pipe cooling uwtilizes an-external cooling passage through which
atmospheric air flows., - One possible arrangement. of such a system
is shovn in figure 7. Boundary-laycr air enters flush-type inlets
and flows through an annular pascage Tormcd by a shroud enclosing
the shell. Air might also be rammed from the free stream. Neither
of these configurations cool under static conditions; however, an
cjector can be uzed at the exit to pump cooling air under static
conditions. ‘ :




An experimental tail-pipe burner (fig. 1 of the third paper
in this sorios) having a sghrovded passage about 1 inch in height,

a burncr length of about 40 incheg, .and a two-ring semicircular
cutter-type flame holder was operated on a J34 cngine at simulated
altitundes cf 5000 to 30,000 feet and Mach numbers of 0.22 to 1.0.
The moximum shell tempcratures measured about 12 inches upstream

of the exhavst-nozzle outlet ranged from 1410° to 1630° R over a
range of tail-pipe fuel-sir ratios from 0.05 to 0.04 with the highes
temperature occurring at the high flight Mach numbers. The tempera-
ture of the turbine-~-outlet gases was epproximately constant at

1580° R. Cooling air without rom pressure was pumped through the
ccoling shroud by the ejector action of the exhaust gases, but no
measurements were mcde of the mass flow of cooling alr or the pres-
sure drop across the annulor cooling passage.

. One obstaclée in applying the extermal shroud is the difficulty
of obtaining an vnobstructed passage enclosing the shell because
' flanges, nozzle actuators, and burncr supports.

Tail-pipe burnor cooled by turbine gases end by al -
Because the shell tomoorE%v;es of the 1ntornL1 liner are too high
for theo adjacent alrcraft gtructure, the combination of internal
‘lincr and exteormel shroud (fig. 8) appoars very practicable. In
event of damage to the liner, the double annuluar passage may be

gafer than the ineulated shell with internal liner. Tt i~ dwlvlcnlt,
however, to decign unobstructed internsl and external passages.

Both analytical and oxwor;mentflj work is being continued
towrard the solution of problems conrcrted with the methods of cooling
that have been discus cd.

IHEHOD OF uOI UTTWG‘ *BPARfTURES

A mothod of computirng the maximum thmneratufe of the wall
scperating an annular cooling passage from the burner combustion
zone is.pr uontud.(reforonce 1). 'The method is applidablo to con-
figurations usin turbino outlet gases with an internal liher for
cooling. (fig. 4) 2 Ge cnnflauratlonu using atmospheric air with
an oxternal uhrovd (Tig. 7).

The temperature at any peoint on th wa¢ can be ca lrulc ed
by & simple heat balance if the convective and radiant heat-
transfor cocfficients on both sides of the wall are lmown and if
the effective combustion-gas and cooling-alr temreraturcs adjacent
to the point are knowm. The first step in the analysis is thercfore
the estimation of these coefficients and temporatures.




. In the cooling-air passage, the convective heat-transfer
coefTicients can be estimated from the usuval heat-transfer formulas
ap~licelle to flow in long passages. The magnitude of radiation
can be found from formuwlas for radiation between two infinite
cylinderse. ' :

The selection of convective heat-transfer coefficients between
combustion gases and the wall is difficult because of large unknown
velocity and temperature gradients and because of the unknown effects
resulting from turbulence introduced by the flame holder-and turbine.
Tor the purnose of analysis, heat-transfer coefficients equal to those
obtained with fully developed turbulent flow in long pipes have been

used.

Radiation between combustion gases and the wall is also diffi-
cult to estimate because radiation from luminous flames may be ten
times greater than radiation from nonluminous gases and because of
the unkncvn degree of luminosity of the flames. Under certain oper-
ating conditions, the combustion in some types of tail<pipe burner
ig practically nonluminous, whereas other burners or other flight
conditions give luminous flames. For the purpoge of this analysis,
the radiant heat-transfer coefficients were assumed to be double the
ccefficients for nonluminous gases. / ;

In addition to the heat-transfer coefficients, the temperature
of the combustion gases must be knowvn. The experimental temperature
proTileg have not been measured and instrumentation for their direct
measurenent is troublesome and uncertain. The longitudinal distri-
bution of the bulk temperature can be determined from the static=’
nregoure measurements along the burner and the usual one-dimensional
relations for momenbum pressure loss. The variation of bulk com-
bustion temperature rise with burner length for two length-dlameter
ratios is shown in figure 9. These data were obtained from static-
pressure measurements on a ram-Jjet burner having a dismeter of
20 inches. The rate of temperature rise is rapid in the first half
of the burner and decreases as combustion nears completion. Trial
calculations, made by the method being presented, of the maximum
wall temperature using the temperature distribution of figure ©
and e linear rise in combustion temperature indicated small dif-
ferences in the maximum wall temperature. In the remainder of the
analysis, the bulk temperature was assumed to rise linearly with
combustion-chamber length.

The cooling-air temperature is a function of the initial gas

temperature and the gain in temperature while traveling through the
cooling nassage. This gain in temperature is unknowm and must be

&
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calculated by integrating the heat transfer from the combustion

rzzes to the cooling air along the length of the passege. The dif-
Tercntial equation relating cooling-air temperature rise to the
independent variables cannot be integrated to obtain an algbraic
ecuation because the heat-transfer coefficients vary with tempera-
ture: along the length of the burner. Consequently, numerical methods
must be anplied.. One numerical method is described in the next
gection of this paper.

Procedure and assumptions. - The initial procedure is to solve
heat balances across the dividing wall step-by-step along the length
of the burner and cooling passage wntil the maximum temperatures of
the wall and of the cooling air are obtained. A recapitulation of
assumptions previously given and statements of additiocnal assumptions
gres

l. The convective heat-transfer coefficient corresmnonds to
ully developed turbulent flow in a long pipe.

2. The radiant heat-transfer coefficient between the combustion
gas and the liner is twice the radiant heat-transfer coefficient for
nonluminous gases besed on complete conbustion of & stoichiometric
mixture of keroseme (CqoHoz) and air. (On the basis of assumptions
1 and 2, the convective and radiant heat-transfer coefficients are
found to be approximately equal at the outlet.)

] o

3. The bulk total temperature of the combustion gases increases
linearly with burner length.

4., No heat flows through the outsgide wall of the annular nassage,
and the temperature of the outside wall equals the local temperature
of the cooling gas in the passage. (This assumption is conservative
and is equivalent to the insulated configuration of Tig. 4.)

The step-by-step process is used in a systematic study of
the effects on the maximum temperature of the dividing wall of the
8 independent variables: passage height b, »passage length U,
burner dismeter D, mass velocity of combustion gas PV , ratio

ol . ) 3 . 3 3 = Ub .
of mass velocity of cooling air to mass velocity of combustion gas
PV

a‘a . : : ;
5 final combustion-gas temperature T, 2, inlet combustion-

2 B

£ 8 . -

gas temperature T and inlet cooling-air temperature T .

8,1’ A
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Fmpirical equation for cooling-air temperature. - Because of
the lor, ¢ mumber of variables, meny step-by-step solutions would be
roeguired to cover all possible combinations. The labor of calculations
could be greatly reduced if an equation relating cooling-gas temper-
ature to the independent variables could be found. It was stated
earlier that direct derivaticn of such an equation is not possible
because the differential equation for cooling-air temperature cannot
be zolved except by numerical methods. An alternate approach is to
select an approximate empirical equation that fits the results of
a number of stev-by-step solutions. The development of such an
approximate equation generalizing the results of the step-by-step
process is discussed in succeeding paragraphs. ’ .

The symbols ueed in this analysis are:

b height of cooling passage, Tt

Cp , sﬁocific heat at constant prossure, Btu/(1b)(OR)
D diameter, It '

H . heat~transfer coeffibieﬁt, Btu/(hr) (s¢ £t)(°R)
X constant

b length, Tt

m,n,p,d,r . exponents

T total temperature, OR

By _ wall temperature, OR
U effective over-all heat-transfer coefficient,

Btu/(hr)(sq £t)(°R)
v velocity, ft/sec -
P density, lb/ou Tt
Subscripts:
a cooling alr or gas
g combustion gas
vEAEg
! S



1 inlet

2 outlet

The form of the empirical equation should be similar to the
exact equation for the gystems shown in figures 4 and 7 with the

ginplifying assumption that the over-all heat-transfer coefficient
U 1is constant end the gas properties are congtant. With the use

of this simplifying asesumption, a solution of the differential equa-
tion ig obtained, which shows that the performance of a narallel-
Tlow heat exchonger can be expreased in terms of hroe dimensionless
ratios:

- i
T’,? - IE, n }impg"Té-l b pawacp,a (1)
e e it o e = I ok b ettt e e M ey L y
T”;? ) gyl L"ﬁ)? ) Tg)l ’ ¥ _]

242 t 5,2

where I indicotes a functional relation. Thi
given here because ot its complexity but is plotd ed in ;1gure 10,
Dimensicnal enalysis shows that the parameter T”“”ﬁ*iii' is a
function of the Reynolds number of the combustion chamber, the
Reynolds number in the cooling paizsage, and, because radiation is
imyortant, the temperatire of the combustion gas. The results of
the dlmsnﬂlonal enalysis JCodu to the empirical eguation

b PaVacH a oyl ”V"W 1 A
Pelacpia g BB (o y g (Pe¥eY g AT (2)
A U v B8 \PJY,] 782
€8/
Equation (2) in combination with figure 10 gives a trial form
of the desired empirical relation. The next step is to fit the
cmpirical relation to the results of the step-by-step calculations.

r
.

This fitting can bo accomplished by selecting proper values of the
constent X, end the five exponents m, n, p, ¢, and r.
The method for selecting the values of the exponents i
illustrated by the sgclection of p. Irom the results of step-by-

PaVa

gtep calculations in which 6fvr- is varied and all other guantities
"f

le III
-~ ta,2 a,l .
are held constant, velucs of /=& e———22 are obtoincd. The value

L, o= 2,
8y 3,
R Tn,l - T%,l R A ) o ‘
of Eﬁh—~wwi¢~—~ is found from the initial conditions. Figure 10 is
e 8,1 : '




then voed to find the values of" = ~~nﬁr—e¥. These values of

"D' .-“ f,-v." ) g o , 5 pa.va :
ST T are then plotted against —fv—A on logarithmic coor-
1 J 8 g :

dinateg as shom in figure 1l. The data F2ll on o straight line

y
=4
and the sglope of the line is the exponent. p.

If the trisel form of the cquation is correct, the value of
the exponent » ‘uhon7d be indepe ﬁdont of thc values of the variables.
e . o) p"quC :
constoncy of p is checked by DWOtLlnﬂ'i-~— TF against

for a wide range of the variables b, 1, 0,, Tg, and D.
6 5 & 3

le “curves are parallel and consequently the value of p 1s con-
stante.

A similar nrocedure was employed in determining the values of
all the other exnonents. Those exponents are also 1ndependent of
the values of the variables. Tquation (2) can therefore be rewritten

. 0.8¢
PaVacy,n * ple 2B , soo / PV 00
E. s .)Jq,- = 53 w—.i,'“— (pqvo’»-éug f _p_%;—a— TG ZC.QCZ (3)
: ‘ \"g'g/ {
Tguation (3) and figure 10 give the desired empirical relation

between outlet cooling-air temperature and the independent variables.

culation of v‘ll temperature. - The maximum temperature

viding well tyy can be Culculatnd from the cquation

Hy, 5Ty o + By 0Ty o
5 U,u*h, ey G 8 9ila (4)
17’2 - H., » + Fq- - i
Bl c\.,l.:

wvhich ig derived from a heat balg'.n at the outlet. The local

coefficient H., o at the outlet is the -sum of the local convective

£9¢
and radiant heot-transfer coelfficients from the combustion gases
to the wall end I-I1 » 1s the sum of the local convective and
’n’{—'

radiant heat-transfér coefficients firom the shell to the cooling
air calculated by usec of the initial assumptions.

son of calculat
tormined tempera
crﬂturou calculat

cd and experimental temperaturcs. - Experi-
b res erc compared in Tigure 12 with theo-
d from equation (3) and figure 10.

RIS



Fxperimental data in figures 12 and 6 were obtained from the same
pine configuration. Becausge the cmpirical equation 18 for an
ins Llobuﬁ burner and the experimental burnuL wag uninsulated, the
outlet cooling-gas teuperature computed from the equation (3) ond
fipure 10 was reduced by an amount eou1vglcnt to the heat losses
th“OVﬁh the uninsulated shell. Figurce 12 shows the cooling-gzas tem-

ature and the maximum liner tomperature plotted as a function of
_inul combugtion tomporature.

The theoretical cooling-gas temperatures are about 509 to 100° R
higher than the measurced gos temperatures. The theoretical liner
temporatures are about 20C0 to 270° R higher than the measured temper-
aturcs. The analysis appears to glve conservative tomperaturcs for
the cocling gas and liner; however, the degreec of congervatism can-
not be stated pogitively for other confizurations.

SUMMARY
Exporience with various methods of tall-nipe burner coolin

(.2 Pd

were discusscd. Scveral appear promising and experimental ond ana-
lytical work is continuing to evaluate which ig best

A geonoralized anpr~i“ Tor dectermining the maxirum wall temper-
ature of a burner cooled by Eil or gascsz flowing through a surrounding
annulai asvr'c was prosented. Application of this analysis to a
iull"mCdlb t ipe burner having an internal liner cooled with

turbine-outle bos anppearcd to give conservative results when com-
pared with oxporimental tcmperaturecs. The generalized analysis
ghovld prove useful Ln correlating experimental data and, in spite
of the approximations involved, will prove o valuable means of
comraring several mothods of cooling with ennular passag

REFEREINCE

l. Kolffel, William K.: An onalytical Method for Determining the
Meximum Shell Temperature of a Combustion Chamber Having a
Shroudod Cooling Passage. NACA BM (to be pub,).
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Figure 1. - Shell cooled internally by stratification of com-
bustion and externally by convection and radiation to free
stream.
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Figure 2. - Variation of maximum shell temperature and turbine-
outlet gas temperature with f{inal combustion temperature.
Sea-level static tests of tail-pipe burning on J35 engine.
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Figure 5. - Experimental tail-pipe burner with internal liner
cooled by turbine-outlet gas.
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Figure 6. - Variation of temperatures at burner outlet with

mass velocity of combustion gas.
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Figure 7. - Tail-pipe burner cooled by air flowing through an
external shroud.
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ANALYSIS COF WATER-INJECTION METHODS
OF THRUST AUGMENTATION
By E. Clinton Wilcox

Lewis Flight Propulsion Laboratory

INTRODUCTION

One of the simplest méthods of augmenting the thrust of a
turbojet engine 1s the injection of a volatile:liquid into the
compregsor inlet. Evaporation of this liquid extracts heat from
the inlet air, and it is theoretically possible to cool the inlet
air to the saturation temperature of the final mixture before it
enters the engine compressor. When liquid in excess of that required
to saturate the inlet air is injected at the compressor inlet, further
cooling is obtained by additional evaporation during the mechanical
compression process. The temperature of the fluid is therefore
reduced and for a constant work input per unit of air-liquid mixture
corresponding to a constant compressor speed, a higher compressor
pregsure ratio is obtained. This increaséd pressure ratio is
reflected throughout the engine, and the engine mass flow and the
exhaust-jet velocity are increased, both factors increasing the
thrust produced by the engine. :

Altering a turbojet engine for thrust augmentation by the water-
injection method makes it necessary to provide an Injection system
at the compressor inlet, additional tanks, and, if maximum gains in
thrust are to be realized, a variable-area exhaust nozzle. Thrust
aungmentaticn by injecting a volatile liguid at the compressor inlet
is a method that can be readily applied to any engine already in use
and has the advantage of not introducing any thrust loss when the
augmentation scheme is inoperative.

Experimental investigations of the effect of the injection of
water and water-alcohol mixtures on tlie performance of several
different turboJjet engines are presented in references 1 to 3 and
are discussed in the next paper of this series. Water, because of
its favorable thermodynamic properties, widespread availability, and
eage of handling, is a desirable substance for inlet injection with
the addition of alcohol for the prevention of freezing during low-
temperature operation. ' '

Anpﬁher method for utiiizing water injection to provide. thrust
augmentation is injection in the engine combustion chambers.



Injecting water in the! engine combustion chambers tends to decrease
the air flow through the compressor because the total flow through

the engine is fixed for a given turbine-inlet temperature and pres-
gure. For a constant compressor work input per pound of air, less
turbine work is required because of the decreased compressor air flow,
and this decrease results in a decreased pressure ratio across the
turbine. The decreased pressure ratio across the turbine increases
the pressure ratio across the exhaust nozzle and provides a greater
Jet velocity and hence greater thrust. Depending on the character-
istics of the particular compressor under consideration, the decreased
air flow may result in an increased engine pressure ratio. The change
in thermodynamic properties of the working fluid due to the addition
of water also tends to increase thc engine thrust to some extent.

In the present paper, the results of a theoretical investigation
of the effect on turbojet-engine performance of the injection of water
at the compressor inlet of the engine are presented. Compressor-inlet
injection is considered in two parts: (1) the case where sufficient
water 1s injected to saturate the compressor-inlet air and (2) the
case where sufficient water is injected at the compressor inlet to
saturate the air at some point during the mechanicgl compression
process. : '

The performance of a turbojet engins utilizing combustion-chamber
injection is also considered and compared with the performance of
compressor-inlet and -outlet saturation. For the present analysis
the change 1n compressor pressure ratio resulting from change in air
flow was not considered for the case of augmentation by injection of
water into.the combustion chamber.

RESULTS AND DISCUSSION
Saturation at Compressor Inlet

In order to determine the thrust augmentation resulting from
compresgsor-inlet saturation, 1t is necessary to calculate saturation
temperatures resulting from various initial temperatures, pressures,
and water ccntents. A psychrometric chart was therefore developed
to enable calculation of these saturation temperatures. A simplified
version of this chart is'presented in figure 1. Enthalpy in Btu per
pound of air is plotted against temperature in degrees Fahrenhelt
for various values of the ratio of relative humidity to &, where 9
is the ratio f static pressure at the point of interest to standard
sea-level gtatic pressure. From theoretical considerations 1t was
found that the introduction of the factor © 1in this manner would



generalize the values of relative humidity appearing on the familiar
psychrométric chart for any pressure. Lines of constant water-air
ratio are also included. Inasmuch as the temperatures encountered
at the compressor inlet of a turbojet engine at high flight Mach
numbers are considerably higher than those appearing on the vsual
‘psychirometric chart, which are generally limited to about 120° F,
‘the témperature range covered by the present chart has been extended
to 7C0° F by means of the thermodynamic data for a1r and water
contazned in referenoes 4 and 5.

In order to 1llustrate the use of thls chart the follow1ng
example is presented . Air at an initial temperature of 600° F with
) pressure of twice standard sea-level static pressure.and with an

initial water contenf corresponding to a water-air ratio of 0.005

1s ‘assumed. Saturation always occurs, by definition,.at a value of
relative humidity of . 100 percent and the ratio of relative humidity
divided by 8 at saturation for these particular conditions is
therefore 0.5. Enter figure 1 at the original temperature, for this
‘case 600° P, follow this temperature line to the water-air-ratio line
representlng thé original water-air ratio of 0.005, go across a
constant-enthalpy line to the value of relative humidity divided by &
for saturation, which is 0.5, This value determines the saturation
temperature, which for this example is 156° F. Thus, -for this
- particular example, ‘the air can be cooled 444° F by saturatlon

The amount of water that must be evaoorated to saturate the air
can also be determined directly from the chart. For the saturated
condition (fig. 1), the water-air ratio is O. 105 and: for the initial
condition, U.005. In order to saturate the air, -the difference or
0. 100 pound of water per pound of air must therefore be evaporated
“ for thls partloular examp?e. ;

For a given pressure the ratio of relative humidity to ® for
saturation remains constant, and as can be seen from figure 1 these
curves of constant ratio of relatlve humidity to &, over a wide
range in the vicinity of 1, are approxrmately vertical, indicating
a constant saturation temperature Therefore as ‘the starting tem=~
perature is 1ncreased the amount of coollng posolble increases.

Inoreadlng the pressure decreases the ratio of relatlve humidity
to B for saturation. From figure 1 it can be seen that decreasing
the value of relative humidity divided by ® results in an increased
saturation temperature; thus, for a given initial temperature
increasing the pressure reduces somewhat the cooling poss1ble from
saturation.

In figure 2 the effect of. flight conditions on the amount of
cooling that can be obtained by saturating the compressor-inlet air
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to a turbojet engine is presented. The data. shown in this figure

are for an inlet-diffuser efficiency of 0.80 and an atmospheric
relative humidity of 50 percent. Compressor-inlet stagnation pres-
sure and temperature are shown as functions of flight Mach number

for altitudes of sea level and 35,000 feet. Also shown as dashed
lines are the temperatures resulting after constant-pressure satura-
tion. The water-air ratios necessary to produce saturation are shown
in the uppermost curves. As the flight Mach number is increased,

the amount of -cooling possible increases as indicated by the increasing
difference between the solid and dashed curves. For sea-level alti-
tude the cooling possible increases from 10° at a Mach number of O

to 155° at a Mach number of 1.5. The increased cooling at the higher
Mach nuwbers -ig a result of the increased temperature prior to
saturation; the increased pressure encountered at the higher Mach
numbers would tend to decrease the cooling possible as was pointed
out in the discussion of figure 1. The cooling obtained for a given
Mach number at an altitude of 35,000 feet is less than that obtained
at sea level because of the decreased temperatures at high altitude.
The watéer-air ratio required to produce saturation increases as the
Mach number increases and decreases with increased altitude.

With the use of data presented in figure 1, the thrust
augmentation resulting from compressor-inlet saturation was determined
for a representative turbojet engine. The following values for
efficiencies and design,constants were assumed: compressor
efficiency, -0.80; turbine'efficiency, 0.85; exhaust-nozzle effi-
ciency, 0.951 inlet-diffuser efficiencies of 1.00, 0.85, 0.80,
and 0.75 for flight Mach numbers of ¢, 1.0, 1.5, and. 2.0, respectively;
a loss in total pressure in the engine combustion chambers of 3 per-
cent of the combustion-chamber-irilet total pressure; and a tail-pipe
gas temperature of 1650° R, The compressor was assumed to have a
sea-level static-pressure ratio of 4.32; at other flight conditions
the pressure ratio was varied to meet the conditions of constant work
input (constant rotative speed).

These assumed design variables were maintained constant for all
conditions except where it was desired to show the effect of inlet-
diffuser efficiency and compressor pressure ratio. TFor these cases
the inlet-diffuser efficiency and compressor pressure ratio were
varied systematically.

In figure 3 the ratio of augmented to normal thrust is shown
as a function of flight Mach number for inlet-diffuser efficienciles
of 0.60, 0.80, and 1.00 and for altitudes of sea level and
35,000 feet. The relative humidity of the ambient air is assumed
to be 50 percent. For each point on the curve sufficient water has
been injected in the compressor inlet to saturate the alr. The ratio
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. of augmented to normal thrust increases rapidly with increased Mach
number. For sea-level altitude and an inlet-diffuser efficiency

of 0,80, the ratio of-augmented to normal thrust increases from 1.03
at a fllght Mach number of O to 2.16 at a flight Mach nwsber of 2.0.
At a flight Mach number of 2.0, the ratio of augmented to normal
thrust 1s decreased to 1.48 Wlth increase in altitude to 25,000 feet.
This decrease- in thrust augmentation is due to the lower temberatures
asgociated with high-altitude operation. For a given flight Mach
number, the ratio of augmented to normal thrust increases as the
inlet~diffuser efficiency decreases. This effect occurs because

of the increased cooling possible at the decreased pressure attending
lower diffuser efficiency. Although the ratio of augmented to normal
thrust is increased, 'a low inlet-diffuser efficiency #s not a virtue
since it reduces the entlre performance level of the engine.

The cooling p0851ble from 1nlet saturation'and hence the
augmentation is influenced by atmospheric relative humidity. In
figure 4, the ratio of augmented to normal thrust is shown as a
function of flight Mach number for atmospheric relative humidities
of 0, 50, and 100 percént. These curves are for sea-level altitude
and an inlet-diffuser efficiency of 0.80. For each point on the
curves sufficient water Has been injected to saturate the compressor-
inlet alr. The relative humidity of the atmosphere has a comparatively
slight effect on the ratio of augmented to normal thrust, with the
maximum change in performance occurring at low Mach numbers and the
effect decreasing as the Mach number is increased.

Saturation at Some Point during Mechanical Compression

The previous.discussion has been concerned with cases where
only sufficient water to saturate the compressor-inlet air has been
injected; the problem where sufficient water is injected to saturate
the alr at some point during the mechanical compression process is
now considered. In order to‘galculate compressor performance when
water 1s evaporating during the compression process, a Mollier
diagram was prepared specifically for this application. . A simplified
version of this diagram is presented in figure 5.

Every point on the diagram pertains to a saturated mixture of
air and water vapor and was determined from the thermodynamic
properties of air and water contained in references 4 and 5. Enthalpy
in Btu per pound of air is shown as a function of entropy in Btu per
pound of air per degree Rankine for various temperatures much as in
the familiar Mollier diagram for steam.  Constant-pressure lines
appear as approximately straight lines having a positive slope and



lines of constant water-alr ratio appear as negatively sloping straight
lines. The zero of enthalpy and entropy have been arbitrarily chosen
at a temperature of 59° F and a pressure of 14.7 pounds per square
inch.

In. order to utilize this chart to calculate compresscr perform-
ance it 1s necegsary to know the actual and isentropic works of
compression. - The actual work can be found as the product of the
compressor tip speed squared and the compressor slip factor, and the
isentropic work can be calculated as the product of the actual work
of compression and the compressor efficiency.

The following ecxample is presented. to illustrate the use of
this chart: Initially saturated air at a temperature of 59° F having
a pressure of 14.7 pounds per square inch 1s assumed. It is further
assumed that sufficient water is injected to saturate the air at the
compressor outlet and that the compressor has. an efficiency of 0.80
and imparts a work of 80 Btu per pound of ailr passing through 1t.
This actual work and compressor efficlency correspond to an
isentropic work input of 64 Btu per pound of air. Enter the chart
at a temperature of S9° F and a pressure of 14.7 pounds per square
inch as indicated by point 1 on figure 5. Increase the enthalpy at
constant entropy by an amount equal to the ideal work of compression,
for this particular example 64 Btu per pound of air as indicated
by point 2 (fig. 5). The pressure at point 2 is the actual pressure
at the compressor outlet.. Follow along the constant-pressure line
(point 2 to poing 3) until the enthalpy is equal to the enthalpy
at point 1 plus the actual compressor work, for this case 80 Btu
per pound of air as indicated by point 3. The conditions at point 3
represent the actual conditions at the compressor outlet and for the
present example the temperature is 170° T and the pressure 70 pounds
per square inch. The value of water-air ratio can also be read from
the chart, and for this example is C.058. The water-air ratio at
the compressor-inlet conditiong is 0.011 so that for the present
example the difference or 0.047 pound of water per pound of air are
evaporated in passing through the compressor.

The chart only applied for saturated mixtures and if there is
insufficient water to saturate the air at the compressor outlet, the
compressor performance is calculated by assuming the process to
consist of the following twod steps:

1. Compression‘as previously described to the point where satura-
tion occurs e

2. Adiabatic compression of a gas mixture consisting of air and
water vapor, which can be calculated using familiar thermodynamic

relations
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In order to illustrate a case of this type, the compressor
ngVlously debcribed was again assumed: & compressor efflcjency of
-0.80, and an actual comnres.or work Input of 80 Btu per pound of
air paos1ng through it. For this case it 1is agsumed that water is

eévaporating only during’ tne-half of the actual compressor .work input.
The pressure and temperature after all the water is evaporated can

be determined from the Mollier diagram (fig. 5) as previously
“described but u81ng 40 and 32 instead of 80 and 64 Btu per pound of
2k for the actaal and isentropic work input, respectlvely For this
case, the pressure is 33.5 pounds per square inch and the tempera-
ture is'120° ¥, The remaining work input of 40 Btu per pound of air
ig done on a mixﬁure of air and water vapor.. The temperature rise
for this part of the process can be determined from. the specific

heat of the mixture and the remaining work input. For the remaining
compression process the temperature rise is calculated to be 161° F
‘The temperature after compression is the sum of the temperature after
the initial stage and the temperature rise during the second stage

or 281° F. From the compressor efficiency, the pressure after the
first stage, ‘the temperatures before and after the second stage of
compression, and the ratio of specific heats for the air-water
mixture, the final pressure can be found. For .this particular
”‘examole the comprwssor -outlet pressure is found to be 68 pounds per
square inch.

“If 1t is desired to calculate the compressor performance for a
given water-air ratio, the procedure is similar to that previously
“described except a trial-and-error solution is involved.

- To date it has been impossible to obtain close agreement
between theorstical and experimental results for saturation at some
point during the mechanical compression process because the effect
of water injection on the performance of each comuonent particularly
the compressor of the turbojet engine, “is not understood Also it
is not known to what extent the actual process both before and
durlng the compression process, follows the thermodynamic equilibrium
for air and water. Correction factors must therefore be introduced
to reconcile theoretical and’ experlmental'data These correction
factors seem to vary with different engines and because of the
limited amount of data avallable no general correctlons are
recommended at the pIeSDnt time. g

For ‘the investigation of the thrust augmentation resulting
when water evaporates during the compression process, the Mollier
dlagram,(flg 5) was used to calculate compressor performance for
the turbojet engine hav1ng the assumed design characteristics
previously glVCn. In calculatlng t1e following results the compressor
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efficiency was altered with varying water-air ratio to bring agree-
ment between calculated sea-level static performance and experimental
‘sea-level static performance for one particular engine. These values
of compressor efficiency were then used in calculating performance

at other flight conditions.

In figure 6 the ratio of augmented to normal thrust is shown as
a function of water-air ratio for sea-level Mach numbers of O, 0.85,
and 1.50, and for Mach numbers of 0.85 and 1.50 at an altitude
of 35,000 feet. The ratio of augmented to normal thrust increases
as the water-air ratio and the flight Mach number are increased and
decreases as the altitude is increased. The condition of compressor-
outlet saturation is indicated by the circles, and the condition of
compressor-inlet saturation is indicated by the crosses (fig. 8).
At gsea level and a flight Mach number of 1.50, the ratio of augmented
to normal thrust is 1,56 for compressor-inlet saturation and 2.01 for
compresgor-outlet saturation. At gea level and a flight Mach nuwber
of 0, the ratio of augmented to normal thrust for compressor-outlet
saturation decreases to 1.33. For a flight Mach number of 1.5,
increasing the altitude from sea level to 35,000 feet decreases the
ratio of augmented to normal thrust for compressor-outlet saturation
from 2.0l to 1.63,

The effect of atmospheric temperature and relative humidity on
thrust augmentation resulting from compressor-outlet saturation are
shown in figure 7. The ratio of augmented to normal thrust is shown
ag a function of atmospheric temperature for values of atmospheric
relative humidity of O and 100 percent. The curves presented are for
sea level and for flight Mach numbers of O and 0.85, and for each
point on the curves sufficient water has been injected to saturate
the compressor-outlet air. .The augmentation for an atmospheric
relative humidity of,0 percent is always greater than that for an
atmospheric relative humidity of 100 percent. For a relative
humidity of O percent, the augmentation increases as the atmospheric
temperature increases; whereas for an atmospheric relative humidity
of 100 percent, the thrust augmentation is approximately constant
for a Mach number of zero, and for a flight Mach number of 0.85
augmentation increases slightly and then decreases as the atmospheric
temperature increases. The conditions of 100-percent atmospheric
relative humidity and high atmospheric temperatures are not ones

that would usually be encountered under actual atmospheric conditions.

The effect of normal engine compressor pressure ratio on thrust
augmentation 1s shown in figure 8 at sea level and zero flight Mach
number. In this particular figure, the turbine-inlet temperature

rather than the turbine-outlet temperature has been maintained constant



because if the turbine-outlet temperature were maintained constent,
the turbine-inlet temperature at the higher COmMpressor pPressure
ratios would have been considerably higher than current turbine
materialg allow. For each point on the curve sufficient water has
been injected to saturate the compressor-outlet air. It can be seen
that the thrust augmentation increases approximately linearly with

inereased compressor pressure ratio. An augmented thrust of 1.31

times the normal thrust is obtained for a compresgor pressure ratio
of 4, and this ratio increases to 1.7 at a compressor pressure

Sratio. of 10. ;

‘Also shown in figure 8 is the ratio of total liquid (water plus
fuel) to normal fuel as a function of normal compressor pressure

‘ratio. This ratic also increases as the compressor pressure ratio

is increased and thus the higher thrust augmentation obtained at

the higher compressor pressure ratios are obtained at the expanse of
increased ratio of total liguid to normal fuel. The increased liquid
consumptions at the high compressor pressure ratios are a result of
the high water-air ratios required to saturate the air.

-Injection in Fngine Combustion Chambers

For the augmentation method consisting of water injection in

' the engine combustion chambers, performance was calculated for the

gsame turbojet engine as previously described and is shown in fig-
ure 9. The ratio of augmented to normal thrust and the ratio of
total liquid’ to normal fusl are shown as functions of sea-level Mach
number for water-air ratios of 0.08 and 0.2. Both the ratio of

‘augmented to normal thrust and the ratio of total liquid to normal

fuel increase as the flight Mach number and the water-air ratio are
increased. For a water-air ratio of 0.20, increasing the flight
Mach number from O to 2.0 increases the ratio of augmented to

normal thrust from 1.18 to 2.25. The ratio of total liquid to normal
fuel increases from about 11 at a Mach number of O to 15 at a flight
Mach number of 2.0. .

Comparison of Water-Injection Methods

In figure 10 the ratio of augmented to normal thrust and the
ratio of total ligquid (water plus fuel) to normal fuel as functions
of flight Mach nuwber for compressor-inlet and compressor-outlet
saturation are superimposed on the curves of figure 9 to obtain a
comparison. Compressor-outlet saturation provides the greatest thrust

increase at all flight Mach numbers. At a Mach number of O, compressor-

outlet saturation provides a ratio of augmented to normal thrust twice



that produced by combustion-chamber injection for a water-air ratio
of 0.20. At a Mach number of 2.0, the ratio of augmented to normal
thrust produced by outlet saturation is approximately 35 percent
greater than that for combustion-chamber injection. For all flight
Mach numbers, the ratio of total liquid to normal fuel for compressor-
outlet saturation is less than or equal to that for combustion-
chamber injection (water-air ratio 0.20). This difference in ratio
of total liquid to normal fuel decreases as the flight Mach number
increages. The ratio of augmented to normal thrust for compressor-
inlet saturation is less than that for combustion-chamber injection
(water-air ratio 0.20) at low Mach numbers and the ratios are
approximately equal ‘at high Mach numbers. For all flight Mach
numbers, the ratio of total liquid to normal fuel for compressor-
inlet saturation ‘is considerably lower than that for combustion-
chamber injection (water-air réatio 0.20).

SUMMARY OF RESULTS

@ The theoretical investigation of water-injection methods for
thrust augmentation has shown that the injection of sufficient water
at the compressor inlet to saturate the compressor-outlet air
provided up to approximately Z0-percent increase in thrust for sea-
level static conditions and up to 100-percent increase at sea level
and a Mach number of 1.50. -At sea level and a Mach number of 1.50,
compressor-inlet saturation provided approximately 60-percent
increase-in thrust. For -all flight Mach numbers, compressor-outlet
saturation provided greater thrust increase than combustion-chamber
injection (water-air ratio 0.20) at equal or lower liquid consump-
tions. Increasing altitude decreases the thrust increase produced
by water injection.
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EXPERTMENTAL INVESTIZATION OF THRUST AUGMENTATION BY
WATER-ALCOHOL INJECTION
By Bruce T, Lundin

Lewis Flight Propulsion Laboratory

INTRODUCTION

: " Experimental investigations of thrust augmentation by water-

_ alcohol injection were first conducted at the NACA Cleveland labor-
atory in 1943 and subsequent investigations of various applications
of this method of augmentation on different types of turbojet engine
have been continued to the present. The material presented in this
paper constitutes a brief summary of the salient features of these
experimental investigations, all of which were conducted at zero-

ram, sea-level-pressure conditions.

RESULTS AND DISCUSSION
Compresscr-Inlet Injection with Centrifugal-Flomeype Engine

Among t1e first of these expeximoental research programs was an
investigation of the injection of water and water-alcohol mixtures
at the compréssor inlets of a centrifugal-flow-type turbojet engine
(references 1 and 2). A schematic diagram of a turbojet engine
equipped for injection at the compressor inlets is shown in figure 1.
"In addition to the tanks and pumps necessary for an .aircraft installa-
~tion, the augmentatlon equipment consists of a water-alcohol mani-
fold ‘connected to several commercial spray nozzles equally spaced
around the circumference of each ccmpressor inlet. The thrust increase
attendant with the injection of the water and alcohol ig due primarily
to cooling of the inlet air by evapcration of the injected liquids,
both before reaching the compressor and during the compression pro-
cess.  This cooling effect results in an increase in compressor pres=-
sure ratlo that, in turn, increases the total mass flow through the
engine and the jet velocity, both of which contribute to increased
'englne thrust. '

. Noggg}_g}r temperature. - The thrust augnentatlon obtained by
‘injecticn at the compressor > inlets at normal inlet-air temperatures
with a 4000 -pound-thrust centrifugal-flow-type engine is summarized
in figure 2, in which the ratio of augmented to normal thrust is

plotted against the total liquid consumption for various mixtures



of water and alcohol. These data are based on the results of over

100 runs and summerize the performance cobtained at maximum rated

engine speed. The engine wag equipped with a standard fixed-area

exhaust nozzle and the inlet~air temperatures for these tests ranged

from 45° to 70° F. The total liquid consumption, used as the abscissa

uuaTC, includes the fuel flow to the engine combustlon chambers and
the flow of inJeoted Water and alcohol. :

Operation of the englne with pure- water inJectlon at rates of
total liquid consumption over 4 pounds per second was not possible
because the engine fuel system had insufficient capacity to main-
~tain rated engine speed.at these injection rates. Operation with
injected mixtures containing €0-percent (by welght) alcohol was
limited to rates of total liquid consumption of abcout 5 pounds per
second because of excegsive tail-pipe gas tewperatures and large
glowing hot spots in the vicinity of the turbine. For all the
water-alcohol mixtures used; the thrust augmentation increased almost
11nearlj with total liguid consumption up to a 11qu1d consuwption of

52 to 6 pounds per second and tended to level off at high rates of

. liquid consumntion., A maximum thrust ratio of 1.26 was obtained at
a total liquid consumption of slightly over 7 pounds per gecond for
an injected mixture containing 40-percent alcohol by weight. At this
point, the injected flow of water and alcohol was about 6 pounds per
gsecond. Becauge of the leveling of the thrust curves at high injec=
~tion rates, thrust augmentation only slightly less than the maximum
posgible augmontatlon can be obtained at considerably reduced injec-
tion rates. For example, a thrust ratio of. 1.22 was obtained at a
total ligquid consumption, of about 5.5 pounds per second, which corres=~
ponds to a rate of waterralcohol injection of slightly over 4 pounas
per second. :

A comparison of the curves for various water-alcohol mixtures
shows that for the same total. liguid consumption the thrust. augmen-
tation is increased slightly as the alcohol content of the injected
mixture is 1ncreaged This improvement in engine performance with
increased alcohol injection is a result of a replacement of the engine
primary fuel by the injected alcohol, as is illustrated later. One
advantage of including alcohol -in tne injected mixture, therefore, is
that the alcohol decreases the primary fuel requirements of the engine
and thus permits operation at higher injection rates than are possible
with water alone and slightly reduces the..total liquid consumption for
a given thrust augmsntation. An additional advantage is the low
freezing temperaiure of water-alcohol mixtures; the freezing point of
a 40-percent-aiconol mixture is about -22° F.



The varlatlon of compressor pressure ratio, air flow, and total
gag flow with 1njectlon rate for various water-alcohol mixtures is
showh ' in. figure 3, . The compressor pressure ratio increases fairly
rapidly with liquid injection up to a flow of about 4 pounds per
second. and levels off for hlgher injection. rates. A waximum pressure
ratio.of slightly. over 4.5 was obtained for an injection rate of
about & pounds per second, compared with the normal pressure ratio of
slightly ‘over 4.0. The eerct of the amount of alcohol in the injected
mixtures:is relatlvely slight. The total mass flow through the engine,
which is+limited by the capacity of the turbine nozzles, is shown
by the dashed line in’ figure 3. ‘This increase; in total mass flow with
increased injection rate is approximately proportical to the increase
in compressor-outlet pressure ‘because the turbine-inlet bemperature
wag nearly. constant over the rahge of: injection rates used (the flow
rate being ‘controlled by conditions at the turbine nozzle) The total
mags flow increased from & normal valile of slightly less than
82 pounds per second to & max1mum of over 91 pounds per gecond at an
injection:rate of 5 pounds ner second, :which represents an increase
of about 12 percent. Tnus, about half ‘of *the maximum thirust augmen=-
tation ‘of 26 percent, which was shown in: figure. 2, is. a result ‘of the
incréase in total mass ‘Tlow tlirough the engine and the remalnlng half
is due to the: 1ncrea°ed “Jet velocity provided by the higher Dressure’
ratié. .The:engine air flow 1noreased from a normal value of sllghtly
over 80 pounds per second +0'd maximum of. iabout.. 85,5 pounds ‘Per-gec=
ond"for an’ 1njectlon rate of e pounds per: second. Becduse the total
mass flow remeined nearly constant:in: the region. of’ high injectlon '
rates, ‘an increase in liguid 1nject10n beyond 4 pounds per second: Was
‘aocompanled by &. decrease An englne air Tlow from 1ts max1mum value.

g B

The effeot of water-alcohol 1njection on the englne prlmary fuel
flowiig shown in flgure 4 'in Whlch the. fuel flow is plotted against
the injection rate. for the various water-alcohol mlxtures.‘ Because
OF"the ‘extra fuel necessary to vaporize and: heat the injected water,
the fuel: ‘required. to maintain rated: enging: speed increases with injec-
tion rate for the mixtures contaunlng O~ and ZO-percent aloonol How=
ever, because the alcohol burns in - the | combustlon chambers and thus
serves as a fuel itself, the engine primary fuel requlrements are
decreased as the 1n3ectlon of mixtures containing '40- and 60-percent
alcohol is increased. An evaluation of the amount of this fuel replace-~
ment by increased alcohol content in the injected mixtures showed
that about 40 percent of the heat of cowbustion of the alcohol 1s
liberated in the combustion Ghambers.  The horizontal dashed line
dravn through the point of normal engine fuel flow indicates the mix-
tures of water and alcohol that may be injected without a change in
fuel flow and hence without a change in the throttle setting. These
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i constant~throttle mixtures.vary from about 40-percent alcohol at
the lowest injection rates to about 32-percent alcohol at the
highest injection rates.

"Wlevated air temperature. .- As previously stated, all these
*results ‘are restricted to 1nlet-a1r temperatures (between 45° and 70° F)
. that Drcvalled durlng the time of the tests. Many applications of
thrugt: augmentatlon are, however, those of high-speed flight at
. moderate altltudes, where the ram temperature rise of the 1nlet air
is appreclable.f Because variations.in the temperature of the inlet
ai® may ‘be expected to have an important part in the evaporation
.process of the 1n3ected liquids-and hence in. the thrust augmentation
‘produced; an 1nvestlgatlon has been conducted to determine experl-
mentally the effect of inlet-air temperature on the thrust augmen—
tation produced by injection of -water-alcohol mixtures at the com-
pressor inlets. This investigation also served the" secondary pur-~
‘pose of prOV1d1ng data for an experimental evaluation of the appli-
cability of the analy31s presented in the preceding paper over a '
range of both llquid injection rates and. inlet-air temperatures,

The hlgh inletmalr temperatures requlred for thls 1nvest1gatlon
were obtalned by an exhaust-gas bleedback system in- which part of
“the englne exhaust gages were ducted:to the engine inlet and' suit-
ably mixed with the cOoler air from:the. normal" inlet-air system.
¢ The maximum inlet—alr temperatures usecl in this- investlgatlon were
about 200° F, which required an exhaust-gas bleedback of about
.10 percent and resulted in a. reductlon of: the:. oxygen: -gontent of
- “the" engine-inlet air from the normal value of 23.2° perCent to’

22.6 percent’ By welght , Satlsfactory correlation ‘¢f ‘data” from
several standard englne tests without injection showed that this
reduction in oxygen content of the engine~inlet &ir did not alter
. the erngine “performance. This investigation was also conducted on
a 4000-pound-thrust centrifugal-flow-type: engine with a standard
f1Xed-area exhaust nozzle and with a- varlable -area - exhaust nozzle

The results of the 1nvest1gat10n w1th the flxed-area exhaust

. nozzle are summarlzed in figure 5, in which the engine thrust is
plotted’ against the 1nlet-a1r temperature: for the normal (unaugmented)
performance and for the augmented.operation with total liquid con-
sumptions’ from 2.25 to 4.25 pounds per second. These tests were
restricted to the 1n3ectlon of water-alone and the engine was
operated at eltner the meximum rated speed or at the maximum operw
‘able speed as limited by allowable tail-pipe gas temperatures. The
gpecific humidity of the 1nlet air was very nearly constant at a
value of about SO gralns pexr- pound .of air.
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For complete ranges of normal engine performance and of sug-
mented operation at high inlet-air temperatures, it was necessary
to continually reduce the engine speed as the inlet-air temperaturé
was increased to order to prevent exceeding the maximum rated tall-
pive gas temperature. In fact, operation of the engine without
wvater injection was limited to an inlet~air‘temp5rature of 1400 F
because further reductions in tail-pipe gas temperature by reducing
the engine specd were not possible. This necessary reduction of
engine speed, together with the decrease'in‘cdmpreSSOr_Maoh number
attendant with the increased air tewperature, is responsible for
the large .reduction in thrust with increased inlet-alr temperature.
This decrease in thrust with increased alr temperature isg much _
greater for normal engine operation and at low rates of water injec-
tion than for the high rates of injection, because for these condi-
tions the necessary reduction in engine speed is greatest. The
increase in thrust obtained by water injection is therefore much
groater at high inlet-air temperatures than it- is at low inlet-air
temperatures. For exewple, with a total liquid consumption of
4,25 pounds per second a thrust increase of about 700 pounds was
obtained at 80° F as compared with a thrust increase of aboub twice
this amount, or lAOO pounds, at an inlet-air temperature of 140° F.

The data of figure S are replotted‘in figure-G; where the ratio
of augmented to normal engine thrust is shown asg a function of inlst-
air temperature for the various values of total liguid consumption.
The thrust augmentation increases very. rapidly with increased inlet-
air temperature, particularly for high values of total liquid.consump-
tion. For the total liquid consumption of 4.25 pounds per second,
which results from the injection of about 2.7 pounds per second of
vater, the augmented thrust ratio increases from about 1.25.at an
inlet-air tbmyprature o? 80° F to6 over 1.70 at.an 1nlet~a1r temper -
ature of about 140° F

The results obtained with the. variable-area exhaust nozzle on
the engine are summarized in figure 7, in which the engine thrust is
plotted against the 1nlet—a1r temperature for various rates of total
ligquid consumption. ~For these ruus, tho englne was operated at
maximum rated speed and the tail-pipe gas temperatures were maintained
constant at the maximum rated. value by adgugtmunt of the exhaust-
nozzle area. . Ag for thu'yrcv1ous ‘ring, the specific humidity of the
inlet air was fairly constant, varying. betwoen 40 and 60 graing per
pound., Thege runs included the 1nJection of mixtures of water and
alcohol varying from pure water to GO-prOpnt alcohol but, because
no systematic trend with alcohol misture could be .detected in the
data, the data points are ccded for various, total liguid consumptions




only. The two dashed lines show, for comparison, the performance
with the fixed-area exhaust nozzle cn the engine at zero inﬁection
and ‘at a total liquid consumption of 4.25 pounds per second, as
obtained from the data of figure 5.

The thrust of the engine with the variable-area nozzle is about
the same as that obtained with the fixed-area nozzle for inlet-air
temperatures’ varying from about 60° F for uneugmented opuratlon to
about 140° Fat a total liquid consumption of 4.25 pounds per second.
The thrust with the two types of exhaust nozzle is the same because
the variable-area nozzle, which was controlled to maintain limiting
tail-nipe gas tomperature had about the same area as the standard
fixed-area nozzle at thssa operating conditions. The thrust with
the variable-area nozzle at both higher and lower inlet-air temperas-
tures, however, was greater than that obtained with the fixed-area
nozzle because, at the high inlet-air temperatures, the exhaust-
nozzle aree could be increased to maintain limiting tail-pipe gas
temperature 1nstead of reducing the engine speed and, at low inlet-
‘air temperature, slight reductions in the exhaust-noAzlo area bélow
‘the standard size were possible. With the variable-area nozzle,
therefore, tﬂb decrease In engine thrust with increased inlet-air
temperature 1s less than for the fixed-area nozzle and, moreover,
satlczmotory oneration is noss ible at higher inlet-air temperatures.
The thrust increase obtalned by the water-alcohol injectlon 1s greater
gt higher 1nlet-a1r “temberatures than it is at normal inlet-air
temperatures. For example, at a total liguid consumption of ;
5,25 pourids per second, which resulted from the injection of 4.0 pounds
per second of water and alcohol, the thrust augmentation was about
'800 nound at normal inlet-air tumperaturos and incrbaSud to about
1300 pounds at an inlet-air tempurature o 200P

The data of Tigure 7 are replotted in figure 8 to show the
ratio of auagmented to normal thrust for the same range of inlet-alr
temperatures and total liguid consumptions. The experimental thrust
augmentation increases fairly rapidly with both increased inlet-air
“temperature and increased total liguid consumption: and reaches a
value of about 1.65 for a total’liquid consumption of 5.25 pounds per
second at an 1nlut~alr temnprature of ZOOO F. Although the thrust
aungmentation obtained with the fixed~-area nozzle was greater than
these values for the vaxlable-arua nezzle, ospeolally at high inlet-
cite t@mOquturus, it is rbcalled that the actual augmented thrust
proaunba was slightly higher with the Varlablo-area nozzle.

Also included in figure 8 is a series of dashed lines that

represent the results of a theoretical analysis of the wet-compression
process. The calculations of the theoretical thrust augmentation
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are, as in:ﬁhe,method of the proceding paper, based on the assump-
tions tluat thé air is comoletely saturated before entering the com-
presscr and., 1D 1n equ11¢br1um with the water throughout the com-
pression pro ¢88. Tor:these: oalcul¢tlons, however, the values of
compresaor elilclercy -and: slip factor-used were the same as the

values obtalnea without 1nJect101 at the various inlet-air temper-
atures. . na“uotments to the compressor ‘efficiency such as were
menticned in the precedlng panbr 'were not attempteﬂ for these
calculations_beqause the effects of liquid: injection on compressor
pbrformuncu of. ‘this -engine are §till under study. The theoretical
VGIUbS of the augmented thrusc ratlo are from 5 to 25 percent higher
+than the cynerlmbntal values, thp dlffozence 1ncrea31ﬁg with increasing
1nlet-alr tcmnprature, -and, mcreover, the lines are of somewhat
‘different .shape.  This difference between the theoretlcal calculations
"and.e xpgrlmuntul performance therefore. indicates the degree to which
“the actyal vaaorlzatloq process departs from the idealized one and

the influence of possible ohan aes ¢n compressor nerformunpe affected

by the water injection.

,Comprassoreln et Inwoctlon with' Axial-wlow—Type an;ne

il adiltlon o the nrov1ovsly discussed . 1nvest1gatlons on
‘centrifugal - fluw~typ engines, an investigation has been conducted
to’ determine t1e performance . of an axial- flow-type erigine .with
watur-blouhol 1ngcotlon‘at the comprbssor inlets (reference o) A
400ﬂnnound—thrust engine bqulpbea with & varlable-area exhaust nozzle
was uscd., lefbrent 1n3cct10n sysﬁsms were., trled in an‘effort to
obtain the best” mtomlzatlon and distribution of the- injected liquids.
‘The results obtained with the different systcms were all.abaout. the
“same however, and,-Lor brevity, the results of a typical run with
onls one. of the systpms is nrosonued

In flguru 9 the ratlo of augmented to normal pnglne thrust is
shomn for various total llau1d consumptions. For the hlghes+ total
- Iiquid consufiption shown. (6 Q 1b/sec), the injection.rate was about
L5 pounds per sédong,' The use of “this- injectidn rate, - however,
“resulted din damage to the engine in the. form of ‘compressor-blade
rubblng, and cracking and wurplng‘uf the. blaues ‘of the turbine

ozzle .box. Satisfactory engine opera 2tion uocordmmly iimited the
1n3ect10n rate to! about I Uounds pex: second‘ rpsulting in. a total
liguid consimption” of about 4.5 pounds. per secord ‘and, a thrust ratio
of 1l.15, Thig "Limit -to the IOSSlblG thrust’ augmbntatloq is consider=-
ably lower than the value of 1.26 obtalned, w1th the' centrifugal-Ilow-
type engine and was found to be the result of ‘centrifugal separation
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of the injected liquid and air iﬁ the compressor and the attendant
failure of a large portion of the injected liquid to evaporate in the
COmpPresSsor,

~ Evidence of this separation of the inJected liguid and air is
obtained from temperature surveys at the compressor outlet as shown
in figure 10 in which the compressor-outlet temperature is plotted
against the radial distance acrosg the compressor-outlet annulus for
various rates of water injection, Without injection, the temperature
profile was.fairly even, whereas for all injected flows the air
remained relatively uncooled in the region of the blade roots, and
decreased to a lower temperature only in the region between the center
of the outlet annulus and the blade tips. The maximum temperature
difference across the compressor outlet was about 150° F, which
indicates considerable. centrifugal separation of the injected liguid
and air. It is therefore likely that water-alcohol injection at the
compressor inlets of an axial-flow-type engine can be used to best
advantage only when the engine inlet-air temperature is high enough
and the initial relative humidity low enough to provide for evapor-
ation of the largest part of the injected liquid before compression.

Interstage Injection with Axial-Flow-Type Engine

In order to obtain maximum uscfulness of water-alcohol injec=-
tion in an axial-flow engine, some means must be found to avoid the
centrifugal separation of the injected liguids and air in the com-
pressor. One method of injection that would avoid the centrifugal
separation would be to inject only enough liquid to saturate the air
at varilous stages of the compression process. An experimental inves-
tigation is now in progress to determine the performance of an axial-"
flow engine with interstage injection of water and alcohol. '

Before the engine testing phase was started, the characteristics
of many different types of injection nozzle were studied in a chamber
in which the compressor air-flow conditions were simulated. The
principal problem of nozzle design and selection was to obtain an
injection nozzle that, with reasonable injection pressures, would
give sufficient’ penetration for the injected liquids to reach the
region of the blade roots. This placing of the injected liquild in
the region of ‘the blade roobts was congidered desirable to offset, as
much as possgible, the centrifugal effects of the rotating compressor
blades. It was found that a jet of high penetration could only be
obtained with injection nozzles of fairly large diameter, which was
incompatable with the requirement of a large number of nozzles to
provide even stagew1se and 01rcumfprent1al digtribution of the injec=~

ted llqulds.' .
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The type of injection nozzle finally chosen and the general
arrangement. of thelr installation in the compressor is shown in
Figure 1l. The injection noz:cles, which are shown in detail in

the. insert, were installed in the end.of 1/8-inch steel tubes that
extended approx1mately halfway across the cowpressor annulus. These
extension tubes were necessary to enable the injected liquids to
reach the region of the blade roots. These tubes were located
between the stator blades, near the leading.edge, of the third,
sixth, and ninth stages, and 20 tubes were installed at each stagoe.
In addition to these 60 interstage tubes arranged at three stages of
compresgion, corventional spray nozzles were installed at the com-
vressor inlet to provide injcction for the first three steges of
compression. ' The presenc I these dnjection tubes cauvsed a decrease
in normal engine thrust of about 1.5 percent; this disadvantage
could, however, conceilvably be overcome by 1noorporat1ng the water -
passages in the stator blaacs.

At the prescnt time, the investigation of- interstage injec-
tion is in progress on.a 4000-pound-turust axial-flow-type engine
equipped with.a varlable-area exhaust nozzle, “The program is not.
yet complete, but sufficient data have been obtained to 1llustrute
the principal features and the usefulness’ of: this system of water-
alcohol injection. A summary of some of the results is given in
figure 12, in which the ratio of augm@ntbd to normal engine thrust
at maximum rated engine speed and tail-pipe gas temperatures is
plotted against the total lighid consumption for the. various water-
alcohol mixtuyres used. Because these data were obtained for inlet-
alr temperatures that varied QOdslderably between runs, all results.
have been corrected to constant inlet-air temwperature of 88° F,
which was a good average of the temperature of the various runs and -
1s the temperature that prevailed for' the compressor-inlet injection
runs. For all these data the total flow of inje ected liquids was
equally d1v1ded among the four injection stations:

As previously noted_for the céntrifugal -flow-type engine, the
thrust augmentation for an axial-flow engine at a glven total liquid
consumption increases slightly as the alcohol conteqt of the injected
mixtures is increased (fig. 12). .The thrust auguentation also
increases continuougly with increased total ligquid consumption and
roaches a value of about 1.24 for a total: liquid consumption of 6
to 7 pounds per second, This amount of thrust augmentation ig in
cloge agreement with the Uerformance obtained with the centrifugal-
flow engine previcusly Alscusued which indicates satisfactory
mixing of the ailr and the llqulas tﬂroughout the compression process.
To date no compressor-~blade.rubbing or other harmful effects have
occurred such as were experienced Wlth combressor -inlet 'injection




at high injection rates. For comparison, the performance obtained by
injection at the compressor inlet is reprcduced in figure 12 as the
lower daghed line. Although the thrust avgmentation of the inlet-~
injection system appears higher than that of interstage injection for
low injection rates, the difference is largely the result of a
shifting of the curve for inlet injection to the left because of a
lover unaugmented liguid consumption, or normal engine fuel flow,

for the inlet-injection engine. Therefore, for total liquid con-
sumptions from normal to about 3 pounds per second, the performance
with inlet injection igs about the sswe as with interstage injection,
whereas for higher rates of liguid consumption the interstage injec-
tion system gives higher thrust augmentations.

: The results of theoretical calculations of thrust augmentation,
based on the same cowmpregsor efficiency and slip factor for both
normal and augmented operation, is shown by the upper dashed line

in figure 12, Although the maximum calculated thrust augmentation

is only slightly greater than sthat obtained experimentally, the theo-
retical liguid consumptions are only about half as great as actually
required. At a total liquid consumption of 4 pounds per second, the
theoretical augmented thrust ratio is 8 percent greater than the
experimental, which illustrates the degree of departure of the actual
vaporization process from the idealized one and possibly changes in
compressor nerformance caused by the water injection.,

Some typical temperature surveys at the.compressor outlet are
shown in figure 13, where the compressor-outlet temperature is plotted
against the radial distance across the cowmpressor-outlet annulus.

The solid lines represent the normal engine performence without injec-
tion and with interstage injection at two flow rates, It is apparent
thet the air was evenly cooled by the evaporation of the injected
liguide with, in fact, an even flatter temperature distribution

with injection than for normal opsration. The typical temperature
distribution obtained with compressor-~inlet injection (fig. 10) 1a
also included for comparison. In addition to the runs with the
oxtended interstage nozzles, a set of runs was conducted with the
interstage injectlon nozzles flush with the outer wall of the com-
pressor casing. The use of injection nozzles at this location

would be obviously desirable in order to avoid the 1.5 percent
decrease in unauvgmented engine performance. The thrust was con-
giderably reduced for these runs, however, and the compressor-outlet
temperature distribution was similar to that -obtained with inlet
injection, as shown by the upper dashed line in figure 12. This

tyne of temperature distribution, together with reduced thrust
aungmentation, has alao been obtained in several recent tests with
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the extended nozzles when the injection pressure was below -

200 pounds per ~square 1nche The necessity of placing the injected

llqulds in the region of’ the blade roots for thls type of 1natallaulon
therefore ev1dent

Combustlon-Chamber Ingectlon w1t1 Axial—Flow -Type anlne

The appl oatlon of 1nterstage injection to an axial-flow erigine,
while providing satisfactory augmentation perfovmanoe, has the
d:sadvantage of comnlexity of 1nstallatlon, ‘at least for engines
already in the production stage. Accordingly, an experimental inves-
tigation of injection into the combustion chamber has been conducted
in an effort to obtain reasonable thrust increase with a system that
retalns tle advantage of s*mpliolty OI 1nstallatlon,“

The 1nJectlon of water into the combustion chambers of a turbojet
engine tends to décrease the alr flow tnrough the turbine nozzles
because the total mass flow cannot increage unless the turbine-inlet
pressure is increased. A reduction in the engine air flow, however,
shifts the compressor operating point to.a higher pressure ratio
which, in turn, perwits an increase in the mags flow through the
engine. A new equlllbrlum operating p01nt of" the engine, having a
lower compressor air’ flow, a higher compressor pressure ratio, and a
higher total mass flow, is obtained. The thrust augmentation pro-
duced, therefore, depends on the operat ng characteristics of the
oompressor and is a vresult of both the ‘increased mwass flow and nigher
Jet veloc1ty Urovldod by “the 1ncreased Dressure ‘ratio. In addition
to thesge effects, the increased gas conﬂtant and specific heat of
the water-aip mlxture also contribute, to a smaller degiree, to an
1norease 1n the tur%lne-outleu pressure and henoe 1n the jet velocity.

Thls 1nvest1natlon of thrust augmentatlon By ‘combugtion~chamber
injection was oonducted ‘with a 4000-pou1d—thrust axial- -flow~-type
engine equipped with a variable-area exhaust ‘nozzle and operated at
maximim rated rotor speed and tall—plne gag temneratureﬂ On the
basis of results obtained from prelimirary investigations conducted
on a gingle combustion chamber, the liquids were introduced at approx-
iwately the midpoint of the combustion chamber as shown in the upper
part of figure 14. Separate nozzles were used for the water and
alcohol injecticn and were installed through holes In the inner liner
to spray into the prlmary ccmbustion zone . Four different injection
gystems were uged and the vrincipal CAaracterlstlcs of each system
are summarized, in the table of flgure 14 " These four injection systems,
which are de51gnated as systems A, B, C ‘and D, differed in the type
of spray (for example, hollow~cone or solld Jet), the number of nozzles
per combustion chamber, and the size of the nozzle orifice.
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In the lower part of figure 14 is plotted the ratio of aug-
mented to normal engine thrust over a range of total liquid consump-
tions for all the 'injection systems and for various combinations of
water and alcohol injection., All the data obtained for combustion-
chamber injection fall on a single line indicating that, at least
for the range of this investigation, the engine performance is not
affected by the penetration of the type of the spray used or the
mixture of water-alcohol injected. The temperature distributions
at the turbine outlet for all the data were also generally similar
to that for increased engine operation. The augmenved thrust
_ratio increases almost linearly with increased total liquid con-
sumption and reaches a value of about 1.18 for a total ligquid con-
sumption of 6.25 pounds per second. The performance with interstage
injection and compressor-inlet injection ig showm by the two dashed
lines for comparison. The augmentation provided by combustion=-
chamber injection with this engine is only about three-fourths of that
provided by interstage injection throughout the range of injected
flows and 1s slightly higher than that obhtained by inlet inJection
at the highest total liquid consumption.

The effect of combustion-~chamber injection rate on the compressor

_pressure ratio; the total gas flow rate, and the compressor air flow
is shown in figure 15. Because of the steep characteristics of the
compregsor of.the engine used, the increase in pressure ratio with
increased combustion-chamber injection was accompanied by only a
-glight decrease in the air flow. With the injection of about

5. pounds per second of water and alcohol into the combustion chambers,
the pressure ratio was increaged from a normal value of about 3.75

to nearly 4.1, which resulted in a linear increase in the total gas
flow from 72 pounds per second to about 77 pounds per second. An
analysis of this augmentation cycle, using the measured compressor
pressure ratio and alr flow and constant values of compressor and
turbine efficiency, showed that about 40 percent of the augmentation
produced is due to the increased mass flow rate, slightly over
- 40 percent due-to the increased jet veloclty arising from the higher
compressor pressure ratlo, and the remaining 15 to 20 percent due to
the change in thermodynamic properties of the turbine and exhaust-
nozzle working fluids.

SUMMARY OF RESULTS

The results of the experimental investigations of thrust aug-
mentation by water-alcohol injection, all of which were conducted
at zero-ram; sea-level-pressure conditions, show that for the
centrifugal-flow-type turbojet engine, the injection of water-alcohol
mixtures at the compressor inlets provides a simple and satisfactory
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form of thrust augmentation. For normal inlet-air temperatures,
augmented thrust ratios of the order of 1.26 are possible for total
lignid consumptions of about 7 pounds per second for a 4000 -pound-
thrust engine, At high inlet-alr temveratures, the thrust augmen-
tation produced increases considerably.

For an axial-flow-type engine, the injection of water at the
compressor inlets was satisfactory only for low injection rates,
nroducing thrust augmentation ratics of less than 1.15, because of
centrifugal szeparation of the injected liquid and alr by the rotating
compressor blades. By the use of interstage injection, however, this
centrifugal separation was avoided wvrovided the injected liquid was
placed in the region of the blade roots. The augmented thrust ratio
nroduced by this method was very nearly the same asg provided by
compregsor-inlet injection in a centrifugal-flow engine, being for a
4000~pound.-thrust engine about 1.24 for a total liguid congumption
of about 6 to 7 pounds per: second. With combustion-chamber injection
in the axial-flow engine, the thrust augmentation produced was only
about three-fourths of that obtained witn interstage injection but
thils system has the advantage of greater mechanical simplicity.
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Figure 1. - Schematic diagram of turbojet engine equipped
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Figure 2, - Variation of ratio of augmented to normal engine thrust
with total liquid consumption for various water-alcohol mixtures.
Injection at compressor inlets of centrifugal-flow-type engine
with fixed-area exhaust nozzle.
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INVESTIGATION OF BLEEDOFF METHOD OF THRUST AUGMENTATION
By David S. Gabriel and Willism L. Jomes

Lewis Flight PropulSion Leboratory"

INTRODUCTION

Among the several methods of thrust augmentation of turbojet

engines cons1dered in this series of papers, the method that pro-
vides the greateot take-off thrust increase is the air bleedoff
-cycle The permissible turbine-inlet temperature of present
turbojet engines limits the amount of fuel that may be. burned in
the engine combustion chambers. As a result of this temperature
limit, the gases pa351nn through the Turblne contain a large quan-
Lty of dilution air or unmburned oxygen. The air bleedoff cycle
takes advantage of this excess.air by removing it before it passes
through the turbine and by using this high-pressure air supply,
after burning it in a combustion chember, for an auxiliary jet.
The air that is removed frcm the normal engine is replaced with
water which vaporlzes in the. englne combustlon chamber and passes
through the turbine as steam. It is, of course, necessary to
increase the fuel flow .to the combustion chamber to vaporize this
water. Water is used for the replacement fluid primarily because
of the low pumping work required. Thus in essence the dilution
air is replaced with steam without greatly altering the perform-
ance of the engine and at the same time a high-pressure air supply
for an auxiliary jet is made avallable. Compressor-inlet injection
is incorporated to take advantage of the additional augmentation
that is cbtained by the 1ncreased compressor -outlet pressures and
mass flow.

RESULTS AND DISCUSSION

Figure 1 schematically illustrates a turbojet engine equipped
for air bleedoff.:  The air-bleedoff engine consists of two main
components, the ordinary turbojet engine and the auxiliary com-
bustion chamber, which are hereinafter: referred to as the primary
and secondary engines, respectively. The primary engine is pro-
vided with water- and alcohol- injection nozzles at the compressor
inlets., A.manifold is installed at the inlet of the primary-engine
combustion chambers through which compressor-outlet air may be bled
to the secondary-engine combustion chamber. Water-injection nozzles
are installed in the primary combustion chamber through which water
may be injected into the prlmary combustlon zone to replace the
bleedoff air.



The bleedoff air is burned at fuel-air ratios up to stoichio-
metric in the secondary-engine combustion chamber and is ejected
through a nozzle. A shutoff valve is installed at the secondary-
combustion~chamber inlet. The shutoff valve was necessary to
return the engine to normal operating condition but was always in
the wide-open position during bleedoff operation.

The original work on air bleedoff, which was reported in
reference. l, consisted of'a brief 1nvest1gatlon on a J31 engine,
the results of which are summarized in figure 2. The results were
obtained at sea-level, ‘zero’ flight Mach number conditions. The
ratio of augmented thrust to normal thrust. is plotted against the
ratio of total liguid flow to normal-engine fuel flow. The total
liquid flow includes fuel flow to both the primary and secondary
engines and all injected water and alcohol flows. The experi-
mental results are shown by the circles and the line is the result
of a cycle analysis in which component efficiencies typical of
present engines were used. A maximum thrust ratio .of 1.65 was

obtained evperlmentally at &’ llquld flow ratio of about 11.8.
" This result is about 10 percent lower than the thrust increase
Lredic*eq by the an41351s.

Because of the promising results shown in the preliminary -
runs, a more complete investigation was conducted on a J33 engine
.in which an effort was made to establish the effects of some of
the operatin@'variablesuon engine performance. - The runs were all
made at sea-level,. zero fligh% Mach number conditions. The cor-
rected engine speed was, nearly constant at 11,600 rpm and the data
were adwusted to.a, constant "speed of 11,600 rpm (military rated
peed, ll ;500 rpm) .The primary- engine nozzle diameter was con-
stant at’ 19 5 lnehes‘and the tail-pipe temperature was held as
close as possible to 12259 R by regulation of K the amount of water
injected into the primary combustion chambers. After a study of
water- and alcohol-injection results at the compressor inlet of
a J33 engine, the.inlet-injection rates of water and alcohol were
fixed at 2.0 and. 2.2 pounds per second, respectively, corresponding
to the condition.that produced the best combination of thrust aug-
mentation and liquid consumption.

The water flow to the primary combustion chambers varied
from O to 9 pounds per second corresponding to a range of bleedoff
gas flows from O to 24 pounds per second. The bleedoff flow varied
with the secondary-engine nozzle diameter and secondary-combustion-
chamber fuel-air ratio. The secondary-engine nozzle diameter was
varied from 4.5 to, 7.0 inches and the fuel-air ratio in the second~-
ary combustion chamber was varied from 0,03 to 0.08.
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Because the primary-engine tail-pipe temperature was fixed,
the amount of water ' injected into the primary combustion chambers
was a function of the bleedoff flow. Figure 3 shows the variation
of water flow to the primary combustion chambers with bleedoff gas
flow. There is a linear relation between these variables but only
about 0.37 pound of water is required to replace each pound of
bleedoff gas flow and to maintain the constant tail-pipe tempera-
ture. With a bleedoff flow of 24 pounds per second about 9 pounds
Ber second of water must: be injected.

In order to vaporize and superheat the injected water, addi-
tional fuel must be burned in the primary combustion chamber. A
part of this fuel is supplied by the alcohol injected into the
compressor inlet but additional kerosene must be supplied through
the primary-combustion-chamber fuel nozzles. Figure 4 shows the
relation of fuel flow into the primary combustion chambers to the
bleedoff gas flow. The fuel flow does not include the alcohol flow
injected at the compressor inlet. The fuel flow increases from
about 0.8 pound per second to 2.25 pounds per second as the bleedoff
flow increases from O to 24 pounds. per second. :

Further increases in bleedoff flow above the maximum of
24 pounds per second shown on the curve resulted in combustion
failure in the primary combustion chambers. At this bleedoff flow,
the over-all fuel-air ratio in the primary combustion chambers,
including the alcoliol, was about 0.043. Although this over-all
fuel-air ratio is considerably below over-all stoichiometric fuel-
air ratio, the fuel-air ratio in the primary burning zone was of
course, much richer and the combustion failure was probably the
result of rich blow-out. Further increases in bleedoff flow,
therefore will depend on d651°n changes in the primary combustion
chambers.

Figure 5 shows the individual liquid flows to the primary
engine as a function of bleedoff flow. As bleedoff flow is
increased, water flow to the primary combustion chamber increases,
fuel flow to the primary combustion chamber increases and the
water and alcohol flow to the compressor inlet.is constant. The
net result is an increase in total liquid flow as shown by the top
curve. -The total liquid flow to the primary engine increases from
S5 to 15 pounds per second as the bleedoff flow increases from O to
24 pounds per second. Because the increase in total liquid flow
to the primary, engine is less than the increase in bleedoff flow,
the net result is a decrease in total flow through the turbine
and primary jet and consequently a reduction in augmented primary-
engine thrust shown by the curve at the top of the figure. The
ratio of augmented primary-engine thrust to normal-engine thrust
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decreases from about 1.26 for the engine with inlet injection but
no bleedoff-tb about 1312 Tor bleedoff flow of 24 pounds per second.

The performance of the secondary engjne may be analyzed 1n
two parts, the thrust and the air flow. In order to provide a
better undeérstanding of the effects of ‘the operating variables on
performance, .the air flow and thrust have been plotted in the form
of parameters derived Lrom the fundamental flow equations. Because
the combustion-chamber- 1n1et pressure was sufficiently close to the
combustion-chanber-outlet pressure, it was considered reasonable Lo
use the inlet pressure in the correlation. It is a well known'
relation that for a convergent nozzle opérating at greater than '
critical pressure ratio the mass flow is equal to a constant times
_.the product’ of the nozzle area and inlet pressure divided by the
square roct of the 1nlet temperature,

‘MB mass flow of gas thwrough secondary engine
K5 . constant
A ares of nozzle outlet

‘Pb pressure at secondary—combustlon~chamber outlet or nozzle
1rlet ‘

TB‘ temperature at secondary-combustion-chamber outlet or nozzle
inlet

When equation’ (1) is divided through by PpA,
B B

e

When l/wﬁﬁg is replaced by a function of the fuel-air ratio

(2)

My
§£K = Kq, F(£/A) (

(o)
Na#

This factor is also a function of compressor-outlet temperature
which was eliminated from consideration because it 1s constant for
this investigation.

TR
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The factor Mb/(PbA) is plotted against fuel-air ratio in

figure 6., The mass flow ratio decreases rapidly from a fuel-air
ratio of 0.03 to a fuel-air ratio of 0.05 and then becomes nearly
constant with further increase in fuel-air ratio. A curve derived
from fluid-flow theory has been plotted in the figure as a dashed
line. Yor this calculation a combustion efficiency of 100 percent
and a flow coefficient of 1 was assumed. A greater mass flow was
obtained experimentally for a given fuel-air ratio than the theo-
retical curve predicts because of the lower combustion-chamber
temperatures due to the combustion inefficiency; lower nozzle-
inlet temperatures, of course, permit the passage of a larger mass
flow of gas through a given-size nozzle. The bleedoff flow can be
found from this correlation curve for any bleedoff pressure, nozzle
area, and secondary fuel-air ratio.

The following additional symbols are used in the analysis of
the secondary-engine thrust: Py' the nozzle-outlet pressure,

Py the ambient pressure, and ¥y the thrust.

The thrust of a convergent nozzle operating at supercritical
pressure ratio may be expressed as the product of the mass flow
and the critical jet velocity plus the difference between nozzle-
outlet pressure and ambient pressure times the nozzle area.

Dividing through by‘-Pb'A and rearranging yields

Py Py MV
P TA "’ be i Py 'A

(9]
~—

+ 1 ‘ (

For a convergent nozzle operating at supercritical pressure ratio,
the nozzle-inlet pressure is equal. to a constant times the outlet
pressure

BBt .= Py ' (8)
o St i 3
where hz is a constant. Replacing Py' with = yields
; 2
F,. P, MV :
b 0 b'b il
= L ke, up (7)

merm—— e ._._.. = + ——
Bl Py PR Ky

but from equation (2)
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also

/“"'77""“"
g 7:_1 RTb

Vb. J

where Vb is the critiéal.velocity at the nozzle‘thrbat; therefore

F‘b ‘ PO Kl S

i
e f2g L= RTy, + == (8)
A JT 7#L TP T K,
Consequently
F R
_P . -9 - constant (9)
PbA &

The values of the parameter of equation»(9) as calculated from the
experimental data are plotted against secondary-engine nozzle area
in figure 7. The thrust factor is constant at a value of 1.1 for
secondary nozzle sizes from 4.5 to 7.0 inches. With the constant
value of this factor, the thrust of the secondary engine may be
calculated for any value of inlet pressure and nozzle area.

The dashed lines at the bottom of figure 8 are the ratio of
secondary-engine thrust to normal-engine thrust calculated from the
correlation curves shown in figures 6 and 7. These curves are
plotted against bleedoff flow for values of secondary-engine fuel-
alr ratio of 0.03, 0.045,and 0.08. The experimental data are shown
by the symbols. The secondary nozzle diameter for these experi-
mental points varied from 4.5 to 7.0 inches.

The calculations from the correlation curves resulted in
separate lines for different fuel-air ratios and the test data
fall upon those lines (fig. 8). If the analysis had not been
made, a single curve probably would have been drawn through the
test data and would have obscured the effect of fuel-air ratio.

Alsc plotted in figure 8 is the ratio of primary-engine thrust
to normal-engine thrust previously presented in figure 5. The
thrust of the primary and secondary engines combine to produce a
maximum total augmented thrust ratio of about 1.7 shown by the
data points at the top of the figure. Here again the data points

-



represent the experlmental data and the llnes are, calculated from
the curves of experimental primary-engine thrust and calculated
secondary- engine thrust shown at the bottom of figure 8. Without
bleedoff, a thrust ratio of 1.26 is obtained because of. inlet
1n3ect10n < With max1mum,bleedoff a secondary-engine~thrust ratio
of 1.54 is Obtained but the primary-engine-thrust ratio. is reduced
to 1.16, 45 previously discussed, resulting in a net thrust ratio
of abovt 3 7 Tor the bleedoff engine. :

In figure 9 the thrust ‘ratio of the bleedoff engine is
replotted against the ratio of total liquid flow to normal-engine
fuel flow. Lines calculated from the correlation curves are
drawvn for fuel-air ratios of 0.03, 0.045, and 0.,08. Points are
plotted from the measured thrust data for fuel-air ratios of 0.03,
0.045,and 0.08. The experimental results agree within 4. percent
with the values calculated from the correlation. ‘For a given .
thrust ratio it is desirable to operate near stoichiometric fuel-
gir ratio to give the minimum liquid flow ratio . and bleedoff flow,
although there is little ‘difference between operation at fuel-air
ratios of 0.045 and 0.08. Operation at low bleedoff flows is
desirable because of better performance of the primary combustion
chambers. Operation at the secondary-engine fuel-air ratio of
0.03 in the higher range of the ‘curves with the same secondary-
nozzle size as in the low range would probably be impossible -
because..of the high bleedoff flows‘that would be reguired.

he dashed line on figure 9 is calculated from the correlation
curve for 100 percent combustion efficiency and stoichiometric mix-
ture in the secondary combustion chamber. For equal thrust ratios,
the thecretical curve gives 10 percent less liquid flow than the
experimental results. The maximum thrust ratio obtained experi-
mentally was about 1.7 at a liquid flow ratio of 12.9. If this
thrust ratio is applied to a normal 4000-pound-thrust engine, the
augmented- take-off thrust would be 6800 pounds with a liquid con-
sumption of about 16.1 pounds per second.

Further increases in thrust augmentation by air bleedoff may
be obtained by continued improvement in the secondary combustion-
chamber efficiency and by development of a primary-engine combustion
chamber that will permit operation at higher bleedoff flows. Tor
most production engines, higher fuel-air ratios in the primary com-
bustion chamber than those shown will require increased fuel-
handling capacity for the fuel system.

Particular attention must be paid in the design of the bleed-
off system and the water-injection system for the primary combustion
chamber in order to minimize changes:in the turbine-inlet tempera-
ture gradients. The adverse effects of bleedoff and



combustion-chamber injection on the turbine-outlet temperature
gradient are shown in figure 10..in which representative radial tem-
perature distributions across the turbine-outlet annulus are
plotted for normal operation and for bleedoff operation with
11 pounds per second of bleedoff flow and 4 pounds per second of
water flow to the primary combustion chambers. The radial tem-
perature gradient is about 200° F in normal operation with the
lowest temperatures occurrlng at the roots but it increases with
bleedoff cperat:on to -500° F with the highest temperatures occur-
ring at the blade roots. ' These distributions are representative
of the gradients with the latest injection and bleedoff configura-
tions and are a considerable improvement over the earlier designs.

. SUMMARY

A thrust ratio of 1.7 was obtained at the condition of sea-
level take-off in an experimental investigation on'a turbojet
engine with a bleedoff augmentation system incorporating liquid
injection into the com@resSor inlet. This perf01mance was obtained
at the expense of high 11qu1d consumptlon.
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COMPARISON OF VARIOUS METHODS OF THRUST AUGMENTATION
By Eldon W, Hall

Lewis Flight Propulsion Laboratory

INTRODUCTION

The previous papers covered both theoretical and experimental
results on the performance of verious thrust-augomentation methods.
Coaputations, guided by the experimental results, are used to com-
pare the relative efficiency, addibional weight, and applicability
of each thrust-augmentation method over a range of flight condi-
tions., The wethods considevred are tail-pipe burning, water injec-
tion at the compressor inlet, a combination of tail-pipe burning
plus water injection,; and bleedoff with water injection. The tail-
pipe-burning plus water-injection method, although not previously
discussed, is also considered to be of interest and is included to
show what might be expected of this method. Because rocket-assist
units have been used to a large extent in assisting the take-off of
conventional aircraft, their performance is compared with that of
the other methods on the basis of liquid consumption, A more com-
plete descripiion of the systems, methods of analysis, and results
are presented in reference 1.

THRUST -AUGMENTATION ANALYSIS

The comparison of augmentation methods was made for altitudes
of sea level and 35,000 feet and for flight Mach numbers of 0, 0,85,
1.50, and 2.50, The thrust augmentation of the engine was determined
from step-by-step calculations of the performance of both the normal
and the avgmented engine. The efficiencies chosen were polytropic
and are for the cocmpressor, 0.80; for the turbine, 0.85; for the
exhaust nozzle, 0.95; and for the inlet diffuser, 1,00, 0.85, 0.80,
and 0.70 for flight Mach numbers of 0, 0.85, 1.50, and 2.50; respec-
tively, Tle primery combustlion-chamber total-pressure loss was
agsumed to be 3 percent of the combustion-chamber-inlet tchal pres-
sure. The drag coefficient of the tail-pipe burner (ratio of total-
pressure loss to inlet velocity head) was assumed to be 0.5, Two
fixed engines, -one having a constant compressor work input of
85 Btu per pound of air and the other having twice the work input
or 170 Btu per pound of air, were assumed to operate over the entire
range of altitudes and flight speeds. These values of work input
give compressor pressure ratios at sea-level sgtatic conditions of
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about 4 and 1l and correspond to one- and two-stage centrifugal com-
pressors, respectlvelyQ. The exhaust-nozzle area was assumed to be
adjusted for all cases to give tail-pipe temperatures of 1650° R for
the engine with the low-pressure-ratio'compressor and 1500° R for the
engine with the high-pressure-ratio compressor. These values give
turbine-inlet temperatures of about 1960 and 2100° R, respectlvely

With tail-pipe burning, the tail-pipe area was assumed to be
double the normal tail-pipe area in order to establish a reasonable
burner-inlet velocity; charts, which account for the effects of
dissociation, were used to calculate the temperatures for various
tall-pipe fuel-air ratios. Calculations were made for fuel-air
ratios up to stoichiometric.

For the water-injection calculations, the component efficiencies
were altered to bring agreement between theoretical and experimental
results by the same methods as previously discussed in the fifth paper
on the analysis of water injection, For each flight condition, cal-
culations were made with varying amounts of water injected at the
compressor inlet to the point where the compressor-outlet alr was
saturated.

With bleedoff the amount of augmentation for a given liquid
injection increases rapidly with an increase in the awmount of air
bled off. Bleeding off large quantities, however, increases the
magss flow of air through the comnressor and also the pressure ratio
across the turbine and may result in large decreases in the effi-
cilencies of these components. It was found from theoretical con-
giderations that by maintaining the: area of the primary-engine exhaust
nozzle the same as for normal engine operation at sea-level static
conditions the change in the operating conditions of these components
was very small (less than the change with only water injection at the
compressor inlet. For each flight condition, bleedoff was considered
for the case where just sufficient water was injected at the com-.
pressor inlet to saturate the air at the compressor outlet.. .In all
cases, the turbine-outlet temperature was maintained at the assumed
value by adjusting the amount of air bled off for each amount of water
injected in the combustion chamber, The.ratios of water flow injected
in the Drimary combustion chamber to bleedoff flow were calculated
theoretically. The values obtained gave lower values of the bleedcff
flow for a given ligquid flow than were obtained experimentally. The
bleedoff or auxiliary burner was assumed to onerate w1th a gtoichio=-
metric fuel-air ratio in all cases.

The rockets were assumed to have a specific impulse of 190 pounds-
gseconds per pound for all conditions of altitude and fl;ght gpeed.




Baeed upon these assumptions, the values of augmentation to be
. presented are somewhat hlgher than the values obtained experimentally
at the present time from the various methods. The relative values
of the. max1mums are, however believed to be 1ndlc¢t*ve of wna+ may
bb expected in actual Dractlce.'

RESULTS AND DISCUSSION
Thrust Augmentation 5

-On the basis of the given assumptions and methods of analysis,

figure 1 shows a comparison of the thrust-augmentation methods.
' The ratio of augmented thrust to normal thrust is plotted against
‘fthe ‘ratio of totdl liquid consumption of the augmented engine to fuel
‘Consumption of the ncrmel engine. The results are for the engine
with the low-pressure-ratio compressor, Because tle engine was
assumed to operate at a constant rotor speed, the compressor pres-
sure ratio changes with change in flight conditions and with the

injection of water., The range 'of pressure ratios obtained with
the low-pressure-ratio compressor (fig. 1l(a)) is from 4.3 to 5.0 at
sea-level static.conditions. The pressure ratio of 4.3 is obtained
with the normal engine and theé pressure ratlo of 5.0 is obtained
-w;th water ingoctlon.

 With water injection, a thrust ratio of 1.32 can be obtained
at.a liquid ratio of 5.0 when .injecting sufficient water to saturate
the air at the compressor ‘oatlet. The condition for which Just
sufficient water is injected to saturate the air at, the compressor
inlet 1s represented by the lowest cross (fig. l(a » The most
economlcal method is. tavl-plpe burning, which can prov1de a meximum
thrust ratio'of 1.55 at a liquid ratio of 4.0; this thrust ratio is
comparable to 1,32 with. water inaeotion at this liguid ratio., The circle
(on the tail-pipe-burning curve fig. 1{a)) represents a stoichiometric
fuel-air ratio and'is the meximum thrust ratio that can be obtained
with tail-pipe burnlng. Large increases in thrust can be obtained
by adding water injection to the tall-pipe-burning method when the
over-all fuel-air ratio remains at stoichiometric. A thrust ratio
of 2.05 at a liquid ratio of 8.0 can be obtalned by this method
vhen saturating the air at the compresgor outlet. The cross on the
water-injection curve (fig.l{a)) represents the condition for which
‘Just sufficient water is injected to gaturate the air at the com-
pressor 1nlet

Bleedoff is less efficient than tail-pipe burning or the com-
bination of tail-pipé burning and water injection, inasmuch as a
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higher ligquid ratio 1s reguired for the same thrist ratio. . A higher
ratio is possible, however, with bleedoff. For example, a thrust
ratio of 2. 60 can be obtained with bleedoff as’ compared to a maximum
of 2.05 for the combination of tail-pipe burning and water injection.
Higher values of the thrust ratio are not possible with bleedoff
because stoilchiometric fuel-air ratio was reached in the primary com-
bustion chamber. If the amount of water injected at the compressor
inlet is limited to that amount required to saturate the air at the
compressor inlet instead of the outlet, the maximum thrust ratio of
% o) 1s(reoresented by the. cross below the curve for bleedoff

Pla. L(a))

The‘rocket-assist:method is the least efficient inasmuch as it
requires the highest liquid ratio for a given thrust ratio..: The
rocket-assist method, however, has no theoretical limit, The specific
“impulse of 190.assumed for the rockets is an average value for current
rockets Values as high as 220 © are obtamned on some commer01ally
avallable unlts -and values of 350 can be obtalned theoretically with
liguid oxygen and hydrogen. .The: specific fuel consumption is 1nversely
Droportloﬁal to the specific Impulse, For a thrust ratio of 2,05,
which can be obtained:by the combination of tall-plpe burning and water
injection,. the ‘bleedoff 'and rocket-assist methods requlre from 2 to,

2.5 times the llquld sratio. i

The results for the same conditions, except at a fllght Mach
number of 0.85, arve shown in figure 1(b). The compressor pressure
ratio was reduced to. 3.7.7at a flight Mach number of 0.85 asg compared
to 4.3 at a fllght Mach number of 0 because of the higher air tem~ .
perature at the compressor inlets  The curves obtained are sinilar
to those for a flight Mach: number of zero except that greater values
of the thrust ratio are obtained for the same values of the llquld
ratio. For example, at a. liguid ratio of 8.0, a thrust ratio of 2.90
can be obtained with the combination of tall-plne burning plus. water
“injection as compared $0-2.05 at a flzgh* Mach number of zero.. Water
injection with saturation at the compressor inlet is more effective.
because .of .the higher compressor-inlet- temperature at the higher
flight Mach number‘ A maximum thrust ratlo of 3,70 at a liquid ratio
of 31,5 can. be obtalned w1th bleedofl.

In order t0.. shcw the comparison of the varlous methods at hlgh
a1+1tudes, Tigure 1(c) presents the results for an altitude .of
35,000 feet. The flight Mach number ‘for this case is 0.85.. The
trequ are similar to those for sea level. Both the maximum thrust
ratio and the thrust ratio for a given liquid ratio are, nowevexn,
less for each-.method., A maximim thrust ratio of 1.32 can be obtained:
with water injection at & liguid ratio of 4.5, Water injection with
only sufficient water to saturate the air at the compressor inlet is



81

much less effective at the higher altitudes because of the lower
inlet-air temperaturé. With tail-pipe burning, ‘the maximum thrust

“ratio is 1.92 at a liguid ratio of'3.5. Adding water 'injection to

tail- -pipe burning 1qcreases the maximum taxust ratic to 2.36 at a
quuld ratio of 705/ Bleeuoff can prov1de a max1mum thrust ratio
of” 2 .88 at a llquld Iatlo of 26,0 ; i

‘The results for a fl“ght Mach number of 2: 50 at 35,000 feet
are ‘given in figure l(d) With an increase in flight Mach rwmber
from 0,85 to 2,50, the maximum thrust augwentation obtained from
each method is increased about five times. The effectiveness of water
injection 1s wmore rapidly 1ncreased than the effectiveness of the
other methods by an increase in flight Mach number. Saturating the
air at the comnreSSUr inlet gives a thrust ratio of 2.4 with water
injection at a liguid ratio of 9.6, The maximum thrust ratio obtained
Wlth water injection is 3.5 at a llquld ratio of 18.6. With tail-~
plne burnlﬁg, the maximm thrust’ ratlo is 5.5 at'a liguid ratio of 6.0.

eAddxng ‘water 1n3ectlon to tail- pife burning until the compressor-

inlet alr is saturated results in a thrust ratio of 8.2 at a 1lgu1d
ratio of 15.0 and increasing the water-injection rate results in a
maximum thrust ratio of 9.3 at' a 11qu1d ratio of 22, The maximim
thrust ratio with bleedoff is 10.4 at a liquid ratLO of~58, It |should
be noted thdt the high thrust ratios at a flight Mach number of 2.50
are primafily dve to the low thrust of the normal engine., The high
liquid ratios for the methods involving the injecticn of water are

due to the large quantities of water that can be evaporated at the
high Mach numbers because of the high inlet-air temperature.

" The effect of altitude on the maximum thrust ratic ig more clearly
shovn in figure 2. The maximum thrust ratio of each method is plotted
ageinst altitude for a flight Mach nuaber of 0.85, All methods show
a moderate decrease in maximum thrust ratio as the altitude is increased
to 35,000 feet., Because of the constant air temperature above the
tropopause (approximately 35,000 feet); the augmwentation remains about con-
gtant. The maximum thrust ratlo with water injection decreases from

© 1,59 to 1,32 asg the altitude is increased for sea level to 35,000 feet.

Tall-nlpe burning is affected to a swaller extent by altitude than
any of thie other methods; the maximum thrust ratio decreases from

"2,12 to 1.92. The combination tail-pipe burning plus water injection

decreases from 2,90 to 2.36 and bleedoff decreases from 3.70 to 2,88
as the altitude incredses from sea level to 35,000 feet.

. In order to show the effect of flight Mach number on the augmen-
tation more clearly, the maximum thrust ratio of each method is
plotted against flight Mach number in flgace 3 for an altitude of
35, LOO feet. The flight Mach number ranges from 0,85 to 2,50. All



methods show an increase in the maximum thrust ratio as the flight
Mach number is increased; although, as shown in figure 1, the increased
thrust ratios are obtained at the' expense of large 1ncreases in the
liquid ratios. Increasing the flight Mach number from 0.85 to 2.50
increases the thrust ratio with bleedoff from.2.88 to 10.4 and with

the combination of tail-pipe burning plus water injection from 2.34

to 9.3. At & fllght Mach number of 2.50, the liquid ratio with
bleedoff is about ten times that for: tall—pipe burning, and with
tail-pipe burning plus water injection, .the liquid ratio is about

four times that for tail-pipe burning. i

The preceeding results are all for an engine having the low-

_pressure-ratﬂo COmpressor, The performance of the high-pressure-

‘ atlo~compressor engine is presented in figure 4 along with the
performance of the low—pressure-ratlo—compressor engine for compar-
ison. The thrust ratio is plotted ‘against the liquid ratio for sea
level and a flight Mach mumber of 0.85. For these flight conditions
the high-pressure-ratio compressor has a normal pressure ratio of 9.9,
which is increased to 14.3 with water injection. In the range of
liquid ratios covered by the low-pressure-ratio-compressor engine,

 there is little difference between values of the thrust ratio for a
given ligquid ratio for the low- and high-pressure-ratio-compressor

engines, Higher values of the thrust ratios are possgible with the

high-pressufe-ratio-compressor engine, but at higher values of the
liquid ratio, The greatest increase in thrust ratio is obtained
with the methods involving water injection. For example, the
cmaximum thrust ratio with the combination of tail-pipe burning plus

" water injection increases from 2.90 to 4.36, whereas with tail-pipe

burning alone the maximum increases from 2,12 to 2.26. The maximum

thrust ratio with bleedoff increases from 3.70 to 4.98.

Weight Analysis

In addition to the weight of the liquid consumed by each method,
the weight of the added: egquipment required by each method is also
of importance. Figure 5 shows a comparison of the additional weight
of equipment required by the thrust-augmentation methods. The addi-
tional weight of equipment divided by the additional thrust or the
gpecific weight of augmentation equipment is plotted against the
thrust ratio. The values of the additional thrust and the thrust
ratio are for gea-level static conditions. The increased weight is
the weight of equipment only and doces not include any additional
liguide. The equipment weight was estimated from the weight of
existing experimental equipment by taking into account any modifi-
cations required for airplane installation. For all the methods,

e
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the specific weight decreases as the thrust ratio increases. The
minimum specific weight is approximately the same for all methods
(0.05 to 0.07) at the maximum values of thrust ratio. When all the
methods are considered at a constant thrust ratio, the water-
injection method entails the least additional weight followed by the
tail-pipe burning method. The specific weights of bleedoff and of
the combination of tail-pipe burning plus water injection are about
equal and have the highest values. The specific weight of an average
normal engine ig included for reference. It is apparent, however,
that adding the additional augmentation equipment to an engine is

equivalent to adding an additional engine having a very low specific
weight, except for the additiocnal liquid consumed.

83

:

.-

Both the weight of the liguids consumed and the weight of
equipment of the various methods have been compared. Neither of these
comparisons is adequate inasmuch as the weight of the liquids con-
sumed is a function of the time of operation and the equipment weight
is fixed. Calculations were therefore made of the total propulsive
weight (weight of engine, liguid consumed, and auxiliary equipment)
for each method. Figure 6 shows the ratio of the total propulsive
weight of an augmented engine to the total propulsive welght of a
larger unavgmented or normal engine (both engines producing the same
thrust) plotted against the thrust ratio of the augwented engine.

The ratio shown is for 5 minutes of operation of each engine at an
altitude of 35,000 feet and a flight Mach number of 0.85., The normal
engine total propulsive weight is 1, Values less than 1 indicate a
reduction in the weight of the augmented engine, equipwent, and
liquids from that of a normal engine for the sawe value of thrust.
For the tail-pipe-burning method the total weight of the augmented
engine decreages asg the thrust ratio increases and reaches a value

of less than sevenwtenths;the normwal engine total welght. For the
water-injection and the tail-pipe-burning plus water-injection
methods, the total weight first decreases to a minimum and then
increases as the thrust ratio increases. With bleedoff for 5 minutes
of operation the least total weight occurs at the lowest thrust ratio
and is approximately equal to the total weight of a normal engine.
For shorter periods of operation with bleedoff;, 3 minutes for example,
the lowest total weight occurs at the maximum thrust ratio and is
about 0.85 times the normal engine total weight.

Load ~Range Characteristics
Because of the high thrusts for a given engine size and weight,

engines equivpped with the thrust-augmentation methods way be desir-
able for high-speed flight in gpite of their high ligquid consumption.,




g o

A study was‘therefore‘madefof‘the performance of the complete air-
plane for a flight Mach number of 1.50 at which the engine was
assumed to be operatirig in the augmented configuration for the entire
time of flight. 'The details of this study and method of analysis

aré similar to those in reference 2 in which various engine types
are compared in terms of &irplane load-range characteristics.

‘ In figure 7‘theiairplane digposable. load per pound of gross
welght is plotted against the liguid rate per mile per ton of gross
-weight. This comparison is for an altitude of 35,000 feet and a
flight Mach number of 1.50.° The perfoimance is calculated for
level flight only and does not include the take-off and climb
requirements., The disposable load is equal to the gross weight less
the weight of the airplane structure and the engine and may consist
of liquid weight or liquid 'and cargo weight. A wing lift-drag ratio
of 7 was assumed and the airplane. structure weight was assumed to
be 30 percent of the gross weight. The normal engine specific weight
at sea-level static conditions was assumed to be 0.45 and the weight
of the additional equipwment was the same as that presented in fig=-
ure 5, The engines were assumed to be installed in nacelles. The
nacelle &nd fuselage-drag and the drag of the additional equipment
were deducted from the engine thrust in calculating the gross weight
. from the lift-drag ratio. ' All calculations were based on an engine
having a normal thrust at sea-level static conditions of 10,000 pounds
and weighing 4500 pounds. ‘The engine frontal area was taken as

lZ%-square feet. Each point ‘on the curves in figure 7, therefore,

represents a different’ airplane, because the airplane becomes larger
as the augmentation and the thrust increase.

Operation with the normal engine is shown by the cross in the
lower left cornér. The various lines represent the differeiit methods
with varying amounts of augmentation. The numbers on the curves are
values of the thrust ratio. The ratio of ordinate to abscissa and,
therefore, the glope of the slanting lines connecting the points on
the curves with the origin represent the maximum range of the airplane
when all the disposable load ig fuel. These slopes have been labeled
directly in texrms of range on the outer scale. The normal engine, for
example, has a maximum range of 233 miles. The initial point for tail-
pipe burning at a thrust ratio of 1 is at a lower disposable load and
range than the normal engine because of the loss in thrust and the
increase in drag when the engine is equipped for tail-pipe burning.
As the augmentation by tail-pipe burning is increased to stoichiometric,
the ratio of disposable load to gross weight and the range are increased
without much increase in liquid rate per unit gross weight. The liquid
rate per ton mile remains nearly constant with augmentation by tail-pipe
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burning in spite of the increase in specific fuel consumption for the
following redson: .One of the important factors that affects this
quantity is the liguid rate per Lour per pound of net thrust where
the net thrust is defined as the difference between the engine thrust
and the engine nacelle drag. By augmentation the engine thrust is
increased without an increase in nacelle drag and hence the percentage
increase in net thrust is greater than the percentage increase in
engine thrust. This effect tends to offget the increase in fuel rate
per pound of engine thrust to give an approximately constant liquid
rate per pound of net thrust (and hence gross weight) with increase
in augmentation by tail-pipe burning.

At the point of maxiwum augmentation by tail-pipe burning the
gross weight is approximately 3.5 times thée gross weight for normal
operation. The decrease in range that is obtained with tail-pipe
burning by decreasing the gross weight to the same value as for
normal operation is also shown: (fig. 7). Although the range is
decreased sbout 100 miles. by decreasing the gross weight, the range
is still considerably greater than:-with the normal engine. The maxi-
mum range with tail-pipe burning is 590 miles. Adding water injec- =
tion to tail-pipe burning increases the disposable load but the
increase in liquid rate per unit gross weight results in a slightly
shorter maximum range than with tall-pipe burning alone. Water injec-
tion alone results in about the same maximum range as the normal
engine. The. principal effect of bleedoff is to increase the dis-
posable load per unit gross weight with an Increase in liquid rate
per unit gross weight and some decreasge in maximum range. From
these curves, it may be concluded that for a flight Mach number of
1.50, tail-pipe burning is tlie only method when used for the entire
flight that will increase the range over that of a normal engine.

These results are based on rather conservative estimates of
engine verformance. In order to determine whether the tail-pipe-
burning or the tail-pipe=-burning plus water~injection method
increases the range of a normal engine when the engine is much more
efficient, these methods are compared for two different engines in
figure 8. The results for engine A are the same as those presented
in figure 7. For engine B both the compressor and turbine efficiencies
were Increased 5 percent and the inlet-diffuser efficiency was
increased from 0.80 to 0.965. Somewhat lower values for the engine
weight and frontal area were also assumed, The maximum range of the
engine B without tail-pipe burning is 750 miles. As, the augmentation
increases, the maximum range increases to 1000 miles, Maintaining
the same gross weight for the augmented engine as for the normal
engine gives amaximum range of 940 miles for engine B with augmentation.




Although this increase in range with the addition of tail-pipe
burning is ' not as greau ag for engine A, it appears gsafe to con-
clude that even‘with a hlghly efficient engine the addition of tail-
pipe burning increases the‘max1mum range.

. SUMMARY OF RESULTS

From & theoretical comparison of various methods of thrust aug-
mentation, it may be stated that either bleedoff or rocket assist
offers the possibility of large thrust increases at the expense of
high values of specific liquid consumption. For small increases in
thrust, water injection offers the advantage of extreme simplicity
and light weight. Tail-pipe burning offers the advantages of light
welght with thrust increases intermediate between those for water
injection and bleedoff and of the lowest. values of gpecific liquid
congumption. Tail=pipe burning may, however, involve some loss of
thrust dvring unaugmented cperation. The combination of tail-pipe
burning plus water injection permits a flexible system, eilther
providing large amounts of augmentation with a moderate specific
liguid consumption or smaller amounts with a low specific liquid
consumption. For continued operation at supersonic speeds, tail-
pipe burning appears to be the only augmentation,method of those
considered that increasges the maximum range over that obtalned with
the normal onglne.
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Flgure 7. - Load-range characteristics of airpleng powered by
turbojet engines with various methods of thrust augmentation,
Altitude, 35,000 leet; Ilight Mach number, 1,50,
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Mach number, 1.50.
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