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‘; o " FOREWORD

The Space Shuttle Phase B Extension Study was conducted under Modificatien 24

.

15 MARCH 1972

Supplemental Agreement to Contract NAS 8-26016 by a team headed by the McDonnell
Douglas Corporation. The period of performance for the study was 1 November 1971
through 15 March 1972. Members of the study team included the McDonnell Dougias
Corporation, the Martin Marietta Corpqration, TRW Incorporated, Pan American World
Airwvays Incorporated, and Sperry and Norden as subcontractors. .
This document constitutes Part II Volume I of the finai_docgmgntatipn for
the study which consists of the following: -
" CDRL Item MA-04 Final Report
Part 1 Exécutive Sﬁmmary
Part II Technical Report
Volume I System and Orbiter
 Volume II System and Booster
Volume III MMC Activity
Part III Development Requiremenfs
Part IV  Cost and Scheduling Data
‘ " CDRL Item SE-03
Part V Design Data Book
Volume I Program and System Baseline
Volume II Drawings
Volume IIT Orbiter Aero Design Data Book
Volume IV  Booster Aero Design Data Book (CDRL Item. SE~01)
CDRL Item SE-04

Part VI Final Mass Properties Report
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‘l" 1.0 Summary

The most promising candidate Shuttle configurations to evolve from the Phase B
extension study are:

o Series Burn Pressure Fed Booster with a large Orbiter (15 ft dia by 60 ft

payload bay)

o Series Burn Pump Fed (F-1) Booster with a large Orbiter

o Parallel Burn Twin SRM Booster with a large Orbiter

¢ Parallel Burn Twin SRM Booster with a smaller Orbiter (14 ft dia by 45 ft

payload bay)

A wide range of Shuttle systems was investigated to find a viable system that
would result in minimum costs and acceptable peak annual funding. Both sihgle and
dual expendable external hydrogen and hydrogen/oxygen tanks were studied for the
Orbiter to reduce weight and cost.

Expendable boosters were first stﬁdied as interim systems only. They were to
be replaced eventually by fully reusable (flyback) boosters. However, the flyback
Booster was eventually dropped to reduce RDT&E costs and a water recoverable (non-
flyback) Booster substituted. The interim Boosters investigated were expendable

‘ solid rocket motors and variations of the Titan III launch vehicle. 1In these
investigations, parallel burn ascent was found to be competitive with series burn
systems, and was particularly attractive for solid rocket motor boosters.

Intact abort capability was defined for each Shuttle configuration and the
cost of eliminating all gaps was determined. The cost of providing on-pad abort
capability, the most critical condition, is approximately $250 million,

A parallel burn twin 156" SRM Booster with a large cargo bay Orbiter is the

" recommended system. This configuration, with a gross lift off weight of 4.6 million
1b, has been sized to deliver a 65,000 1b payload into an Easterly orbit and return
with 40,000 1b. The initial thrust-to-weight ratio for the system is 1.4. Recovery
of the solid rocket motors is economically attractive and hence recommended. The
Orbiter provides thrust vector control as well as guidance and navigation for the
mated configuration. The stages are separated at a relative velocity of 4000 fps.
The Orbiter main propulsion is provided by three HiPc 470,000 1b thrust engines.

An optional go~around and ferry capability is provided by removable airbreathing

engines and tankage.
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' 2.0 General System Requirements

o The design missions shall be:

~ PAYLOAD QRBIT ON-ORBIT ABES
(K LB) ALT (N.MI.) INCL (DEG.) | X-TRANS-aV(FPS)
EASTERLY 65 100 | 28.5 1900 ouT
RESUPPLY 25 270 55 1500 IN
POLAR 40 100 90 650 1 ot

o The Orbiter‘shall have sufficient cross range capability to return to the
launch site after one revolution.

o The payload bay shall have a clear volume of 15 ft dia. x 60 ft (nominal
requirement).

o Turnaround time from landing at the launch site to launch readiness shéll
be less than 14 calendar days.

‘ o Rapid egress before lift-off shall be provided and intact abort after lift-
off is a design goal.

o Resultant load factors for shuttle launch and drbiter entry shall not
exceed 3 g's.

o The Shﬁttle shall be capable of operating in all flight phases and through-
out the payload range (zero to maximum) without ballast.

o Mating interchangeability shall exist betweéﬁ Orbiters and Boosters.

o The Shuttle system shall have the capability to be launched from a standby
status within 3 hours and to stay in a standby status for 2 hours.

o The Orbiter and Booster vehicles ascent performance shall be based on
nominal engine performance. Minimum engine performance shall be used for
sizing the propellant capacity of both vehicles.

o Orbiter main propellant tankage shall be sized to include 1% flight
performance reserve,

o Uncertainty/growth weight allowance shall be as follows:

Orbiter: 10% of dry weight less ascent eﬁgines (and ABES, when installed)
HO Tank: 2% of dry weight
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Booster
Pump -Fed System: 10% of Dry Weight (Less Ascent Engines)
Pressure Fed System: 10% of Dry Weight
SRM System: . 2% of motor case, nozzle and insulation
' 10% of Booster structure (skirts, etc.) and
subsystem dry weight
o All flight vehicle subsystems, except primary structure and pressure vessels,
shall be designed to fail safe as a minimum. For systems essential to
crew/vehicle survival, the subsystems redundancy level shall be determined
by analysis. .
" o The Shuttle systems design shall retain the option for unmanned operations.
o The mated ascent, guidance, and navigation function will be provided by the

Orbiter Vehicle.

3.0 Shuttle Configuration Evolution

The two four-month Study Extensions were conducted to find ways of reducing the
high RDT&E costs and peak annual funding requirements derived during the original
Phase B study. ‘

Booster concepts examined during this period varied from the Phase B,.fully
reusable, flyback canard using a hydrogeq/bxygen HiPc engine to throwaway Solid
Rocket Motors (SRM's). The payload weight and cargo bay size of the Orbiter were
also investigated. The major variations in the system requiremepts are outlined
in Figure 3-1, Only Orbiter crossrange capability and the airbreathing engine
concept remained essentially unchanged throughout the study extensions.

During'the first four-month study extension, the MDAC team investigated
interim expendable Boosters which evolve to a fully reusable Booster system, and
also Mark I (limited technology) Orbiters that could grow to Mark II (advanced
technology) vehicles. Some of the primary concepts studied during this phase are
illustrated in Figure 3-2. Orbiter variations included various delta and swept-
wing designs, external HO and H tanks, payload bay sizes from 12 x 40 to 15 x 60 ft,
various mating arrangements, and various main and auxiliary engine systems. Interim
Booster variations included: TIIIL, clustered solids, single 260" solid, and series
and parallel burn ascent modes. Reusable Booster variations included: Flyback,

Retro Glider, and Water recoverable designs; Saturn IC F-1, Pressure Fed, and HiPc

" engines; Delta and Canard wings; and parallel and series burn ascent modes. The

A, 3]

~
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SHUTTLE REQUIREMENTS EVOLUTION : .

JUNE JULY | AUG SEPT ocT. NOV DEC

STUDY i
CROSSRANGE
ORBITER ABES
25
ABES FUEL
PAYLOAD - ASCENT (K LB)  [65 EAST M 45 EA MARK I - _ _
S ) PoLAnlFiAL 65 EAST-40 POLAR MARK 11 - 65 EAaT-40 poidn 45 chsy
- LANDED (K LB). 10 40 FOR 15X60 BAY
: y 2 N O Y o sommryn8d FOR 14x45 BAY .:0e
BOOSTER - SERIES Hipe " [hipe INTERA. " TLLIL b
- PARALLEL NONE | INTERM. SRM

BOOSTER RECOVERY - LIQUID
- SRM

15x60 12x60
-PAYLOAD BAY SIZE (FT) 15260  [15x40  12x40 ' 15x60 * 1445
ORBITER TANKAGE
REDUNDANCY
| ABORT ©

ORBITER MAIN ENGINE
. (K LB) .

REUSABLE BOOSTER ENGINES | sawe AS ORBITER | F-1, PF, HiPc

+ SRM Boosters included various segments of 156", 180", 260", and 120" solids;
parallel and series burn; and various numbers of solid units per stage.

s . The matrix in Figure 3-3 indicates the breadth of system combinations investi-

Tl
e

‘gated during the second four-month study extension. Principal system candidates
are illustrated in Figure 3-4. During this study the Orbiter candidates were
reduced to two: large bay with heavy payload and small bay with light pajload.'
The Orbiter ﬁropulsion system was held at three engines of 470,000 1b thrust each.
Booster candidates consisted of various solid rockets, the pressure fed Booster
and two Boosters with puﬁp fed engines.

The use of an interim Booster was found to reduce peak annual costs, but total
program costs remained high. The switch to F-1 engines in the reusable Booster
gave similar results. Changing the Booster recovery mode from flyback to a water
recovery Concept réduced the RDT&E and total program costs, maintained a low peak
annual funding, and had only a slight penalty in cost per flight. The use of SRM
Boosters allowed further reduction in peak annual funding at low totél program
costs although cost per flight was increased. This concept, using a parallel burn

156’ SRM with a large cargo bay Orbiter, is the preferred system.

A. 3-2
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CANDIDATE CONFIGURATIONS INVESTIGATED
DURING SECOND FOUR-MONTH EXTENSION

STUDY EMPHASIS _
: INT DI
. v/ Bl i ,
" SYSTEM BOOSTER ’
[ REQUIREVENTS | BURN MODE] TYPE ENGINES MATING HO_TANKS
SINGLE LOX/RP_])PR. D y6
LIQUID F-1 v4 ™
"HO liPc 10 K
&) BAY (FT) 15 x 60 SERIES 3OL1D A o
5 CLUSTER 3 SRM LOAD
g » CLUSTER, ¥ | (TEL)
w . TWIN PR. FD. SINGLE
’ =| PAYLOADS (K LB): LIQuID P x 6 ¥ | TANK BELLY
2| EAST 65 LOX/RP-1 .| SIDE "MOUNTED
4| RresuppLy 25 1207 W 0R 5 SR y| LOAD (SBM)
P , 7 (TsL) ~
+ ABES PARALLEL | sy ;p BP[TWIN 1567 | 2 - SRM y
POLAR 40° | N i R e
2604 -
POLAR 4 v v SINGLE 260 IZL SBY
BAY (FT) 14 x 45 E}gﬁ';g Lox/re-1®PPR. FD . 6 | Enpt
PAYLOADS (K LB) _F-) 4 § LOAD Eéffbs
o | EAST 45 SERIES HO iiPc 9 | (TEL) MOUNTED
=1 RESUPPLY 25 . SOLID . (s8M)
3| (ho ases) CLUSTER . 3 SRM
S| PULAR - AS © | 3-1880 :
| AVAILABLE 4 TWIn CIQUID R. FD. 2x6.
2| o 2s Ny LOX/RP-1 TAK
.;_* 1207 B OR 4 SRM | "E(I)RE .
pARALLEL | soLrdWP{TMLH 156" | 2 SR (Ts) o E—
SINGLE 1807 | ¢y ' 1M
SINGLE 260" | TEL | sBM-
¥ BN = TWIN BELLY MOUNTED
F IGURE 3-4

o PRIMARY CONFIGURATIONS STUDIED
DURING SECOND FOUR-MONTH EXTENSION

ORBITERS BOOSTERS -

SERIES BURN

>

\

SOLIDS

N

LARGE SMALL PRESSURE

FED
1512 60 14x 45

65 K LB ASCENT | 45K L8 ASCENT
WKLBLAND | 25K LB LAND

PARALLEL BURN

‘ .
7] THIN Nl THIN UL T
PRESSURE l SOLID VA
(CATAY.

~

FED SOLIDS

A.3-4
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Sizes and costs for the main contenders at the end of this study are summarized
in Figure 3-5. The four candidates that are emphasized in this table are discussed

in more detail later in this report.
FIGURE 3-5 '

SIZE AND COST SUMMARY OF
PRIMARY SHUTTLE CANDIDATES

SERIES BURN : PARALLEL BURN
: SOLID TWIN THIN
BOOSTER LIQuID CLUSTER | Liguip SOLID
MATING TEL TEL TSL TS
ENGINE SYSTEM 6/PF 4/F-1 2 10/HiPc 3-15" 6. PF 2-156"
« |GLOW(KLB) 5117 4,458 314 4,539 4,800 4,315
= | RELATIVE STAGE V (FPS) 4,000 5,000 5,000 4,000 4,000 4,000
g& 8| - cosTs (sm)
- o = TOTAL PROGRAM 10,798 10,002 10,599 11,335 9,980 10,207
_ 2 RDTEE 5,676 5,018 5217 4,215 4,948 1,126
) 5 PER FLIGHT 1.50 7.56 1.91 12.58 1.41 10.49
o " (9/MiPo)

§ GLOW (X LB) " 5,000 3,485 2,760 3,886 391 3,617
@ | RELATIVE STAGE V (FPS) 4,000 * 5,000 5,000 4,000 4,000 4,000

S =l cosTs (sM) ’
“ 2" TOTAL PROGRAM 10,351 9,800 10,212 10,788 9,004 £ 9681
2 RDTRE : 5,432 4,904 5,066 4,081 4,676 4,006
PER FLIGHT 1.3 7.4 113 11.76 1.07 9.83

TEL = HO TANK END LOADED; TSL = HO TANK SIDE LOADED BY BOOSTERS
ALL CONFIGURATIONS HAVE 3-470 K HiPc ORBITER ENGINES
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4.0 Key Issues and Trade Studies

The key system issues studied during the Phase B extension study were:
o Advantage of the Mark Ifo-MarR IT Approach

o Parallel vs Series Burn and Booster selection

o Mating Arrangément

o Orbiter Engine Selection

o Payload Bay Size

o Flight Performance Reserve Analysis

o Engine Mixture Ratio Range

The study approaches and results are discussed in the ensuing paragraphs. The
primary evaluation criteria were cost and performance. A major consideration for

payload bay size selection was also mission capture capability.

4.1 Advantage of the Mark I=e Mark II Approach -

The possibility of phasing system requirements was investigated as a means of
reducing costs. This philosophy resulted in a Mark I-sMark II concept that
utilized a system with a reduced performancé capability for 125 flights of a 445
flight program. The payload requirement was lowered to 45,000 1b for the easterly
mission and 10,000 to 25,000 1b for the south polar mission, in order to permit
use of a modified existing Orbiter main engine (J2/J2-S). The Mark I system also
utilized an ablative TPS, a simpler avionics system, and an expendable Booster.
TPS replacement and additional ground control checkout requirements resulted in
doubling the required turnaround time. However, it was planned that &uring the
Mark I operational time span, development of reusable surface insulation TPS,

HiPc engines, additional avionics sophistication and Booster recovery would be
accomplished, to allow tramsition to full Mark II performance capability for the
remaining 320 flights.

The baseline system used for comparing a Mark I-» Mark II approach with an
early Mark II transition concept was a Parallel Burn Twin Pressure Fed Shuttle
System., Figures 4.1-1 and 4.1-2 compare the evolution time frame and risk of the:
two development approaches. It was found that although there is a PAF increase of
$28M in 1978, total program cost caﬁ be reduced almost $1 Billion if the Mark I
phase is eliminated. Costs are reduced because only one Orbiter engine development
program is required, the operational costs associated with reusable TPS and addi-
tional onboard checkout capability are less, and retrofit of Mark I vehicles to

Mark II is eliminated.

A.4-1
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Figure 4.1-1

MARK I-MARK II EVOLUTION

A
MARK L MARK I =
= | . ABLATIVE TPS , .+ RSI/ABLATOR BLEND
; « J-28 ENGINE s oHIP, _
1 « BASIC AVIGNICS _ & . UPGRADED AVIONICS
= | «STRUCTURE/CONFIGURATION — DESIGRED L . structure.conFicuraTION - LocAL
= FOR 25 K LB RETURN LOAD  BEEF-UP LAND AT HIGHER SPEED
FLIGHT — — f % — f —
( I 60 80 100 120 10
ABLATIVE TPS :
;. A—t—A— ABLATOR/RS! BLEND
5 4—nip, OR J-25 ENGIE
=2 | aviones
=& —avutorano _
= A-, ADDITIONAL ON-BOARD CHECKOUT
= » AUTOMATIC CHECKOUT FUNCTIONS
5 « INCREASED AUTORGIY
; s &~ [PROVED PAYLOAD SUPPORT
: : _ Oo SATELLITE RELAY COMMUNICATIONS —
: . O~ AUTONGHMOUS NAYIGATION -

A DESIGN STRUCTURE FOR 40 K LB PAYLOAD

Figure 4.1-2

PROGRAM RISK COMPARISON

MARK ! MARK It EARLY HARK !l TRANSITION
PAYLOAD REQUIRESENT | OESIRED: 25 KL8 ——40 K LB :
(SOUTH POLAR) RN - 10 K LB 0KLB
« ABILITY TO CAPTURE TRAFFIC FOR (4) YRS, : 5
ORBITER PROPULSION | J-2§ ————————Hi Pc -5 HiPc
o USE C7 1ODIFIED EXISTING EHGINE « LEAST RISK | o SORE RISK IF DEVELOPKENT
INTIALLY REDUCES RISK OF SCHEDULE PROBLENS GCCUR
DELAY o GREATEST COST SAVINGS
TS ABLATOR = ABLATOR & RS BLENC; ABLATOR ——————= ABLATOR & RSI BLEND
o EASES RS DEVELOPENT TINE TABLE « FIRST FLIGHTS UTILIZE ALL - ABLATOR
« USE OF ABLATOR FOR 125 FLIGHTS SYSTEN DESIGN
INCREASES COSTS » EARLY FLIGHTS WiLt. VERIFY EXVIRONAENT
: & FLIGHT TEST RSt (i HON-FLIGHT SAFETY
CRITICAL AREAS)
« USE OF EXISTING ABLATOR SYSTEN FOR.
BACKUP ELIMIHATES RISK
. « REDUCED COST
AVIONICS NINLAUR SYSTEM ———= UPGRADED SYSTER | INTRODUCE NARK If REQUIRENENTS KU STEP
. " | SEQUENCE COITIENSURATE WITH PEAX
o KINEIAL RISK FUNDING CONSTRAINTS
« LOWERS PEAK ANHUAL FUNDING INITIALLY | o BINLIAL RISK
« REQUCES ORBITER CAPARILITY « PROVIDES ISCREASED CAPABILITY
STRUCTURE DESIGN FOR 25 K LB— —STRETCH DESICN DESIGH FOR 40 K L8 PAYLOAD
) PAYLOAD PHILOSOPHY
« LIGHTER VEHICLE BUT SOZE RISK o BINLUS RISK
o LIZITED GROWTH POTENTIAL « PROVIDES GRO=TH POTENTIAL
CONFICURATION LAND AT 2 150 KT—— LAXD FASTER LAND FASTER BITH 40 K L8 PAYLOAD AND NIK 1
.. WTH 25 K LB WITH 0K LB VING
PAYLOAD PAYLOAD
o NIRLGUS GEIGHT o BILUR VEICHT
o LIZITED GROMTH POTENTIAL « LINITED GROTTH PCYENTIAL

Ay-2



MDC E0558 ‘
PART I1- VOLUNE | 15 MARCH 1972

4.2 Parallel vs Series Bufn,and Booster Selection

During the study, selection of the Booster and mated vehicle configuration
was emphasiéed,-with particular attention to costs. Figure 4.2-1 summarizes the

weights and costs of various parallel-burn solid-rocket systema.

Use of the off-the-shelf seVen—seément 120" SRM's is relatively expensive
because of the number of SRM's per stage. Thus, even thoughAthe RDT&E cost of
120" SRM's is relatively low, the program cost becomes unacceptable. These and

other considerations are summarized in Figure 4.2-2,

In Figure 4,2-3, the concepts for series and parallel burn are compared under
those items which are con31dered to be the main dlscrlmlnators.. The parallel burn
mode has several very important advantages. To cite two: verified ignition of all
engines eliminates all concern for engine start failures, and. RDT&E and program

costs are significantly lower.

In Flgure 4.2-4, the technical risks of three‘series-burn’iiquid Booster
: systems are compared w1th those of the twin 156" parallel—burn system. The results
' are as follows:
o Least Technical Risk: Parallel Solids
o Most Risk: Series HiPc A ’
o Intermediate and very nearly-equal risk: Series pressure-fed and series
F-1 pump-fed ’

This technical risk assessment, along with the cost comparisons summarized

in Figure 4.2—5, has led us to select the twin~156" parallel-burn design as our

prime choice and the pump-fed F;l series-burn as the second choice.

4 3 Mating Arrangement

Studies performed during August 1971 concluded that: (a) external Orbiter HO
tanks were preferred to external H tanks,.(b) a tank-end-loaded (TEL)“Booster-to—
Orbiter mating configuration was preferred for the external HO tank concept, and
(c) side-by-side (SS) mating was preferred for the external twin H tank concept.
Design effort during September and October concentrated on external HO tank con-
cepts, primarily for a configuration using a single HO tank, TEL mating, and series

burn. This configuration and a side by side arrangement are shown in Figure 4.3-1.

A. 43
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FIGURE 4,2-1
SOLID-ROCKET PARALLEL-BURN SYSTEMS COMPARISON .
BAY SIZE : 15 §0 145485 .
BOOSTER ‘ 2-15%IN. | 4-120N. | 5-1201N. | 2-156IN.”| 4-120IN.
| WEIGHTS (K.LB) e ] S :
PAYLOAD (EAST) 65.0 65.0 65.0 45.0 150
GLOw - - | ausa 4662.4 5246.1 3617.4 43822
oLOW 1898.6 1853.1 17338 | 16912 1572.4
USABLE PROPELLANT 1 1519 1533.8 1111 1407.7 1292.3
ORBITER DRY : _ 148.8 8.8 -148.8 1391 1391 -
TANK DRY _ A 648 | 635 606 60.3 51.2
BLOW ' : 2416.5 2809.8 3512.3 19262 | 2809.8
USABLE PROPELLANT | 2310685 ) 4x607.4 | Sx607.4 | 2x8485 | 4x607.4
BOOSTER INERT 2x1438) | (4x950) | (5x95.0) | 2x1146) | (4x95.0)
COSTS (SM) _ N . - S
TOTAL PROGRAM 10207 11826 12817 9681 11628
ROTRE : _ o] Al% 4006 8021 4006 3906
PEAK FUNDING (YR) : 946(76) 922(16) 975(81) 896(76) 887(76)
PER FLIGHT (TOTAL) : 10.49 TR} 161 - 983 13.94
OPERATIONS 3.80 406 -] A 3.8 a0
TANKS 1.4 1w 1.2 14 135
EXPENDABLE BOOSTER HARDWARE 5.20 8.58 10.50 Y]] 8.58

FIGURE 4.2-2
PARALLEL SOLID BOOSTER ISSUES |

ITEM RESULTS
ALTERNATIVES o  COSTS (SM):

2-156 N, SRAF'S , o . . 120 IN, 7-SEGMENT:
Vs : - 2-I6IN. . . ASAM S SRM
4-120 IN. 7 SEGMENT “SYSTEM -~ SYSTEM SYSTEM
. Vs PROGRAM REF + 1619 + 2610
RDTRE REF ' T -105
5~120 IN. 7 SEGMENT PER FLIGHT REF + 362 + 562

« CONCLUSION: NUMBERS SRM'S PER STAGE HAS STRONGER IMPACT ON COST THAN SIZE-
OF IND|V|DUAL SRM

*NOT A TECHNICAL PROBLEM BUT MAY BECOME A POLITICAL ISSUE

ENVIRONMENT EFFECTS - DISPE RSION MODELS INDICATE LOW PROBABILITY OF DANG EROUS v
o CONCENTRATIONS
~ LAUNCH IN RAIN STORMS MAY BE CONSTRAINT

* SIGNIFICANT COST SAVINGS

a COSTS {$M) :
PROGRAM -64
RDTRE +46
PER FLIGHT ~1.33

RECOVERY OF SRM'S

RELIABILITY « ADEQUATE DESIGN MARGINS & GROUND DEVELOPMENT
OF TESTING SHOULD PROVIDE RELIABILITY OF ~ .9981 .
SRMS « ABORT CAPABILITIES SHOULD COVER REMAINDER OF FAILURES

Acby
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FIGURE 4.2-3 -

DISCRIMINATORS: SERIES BURN LIQUIDS vs

PARALLEL BURN SOLID BOOSTERS .

« ENGINE GIRBAL TRAVEL - ORBITER
R - ~BOOSTER
- THRUST EISALIGKIENT VARIATIONS
« CONFIDENCE ORBITER ENGINE START
« HD TANK BASS FRACTION .

o WEIGHT

'« REGOVERY. REFURBISKIENT
+ STRUCTURAL DYMATICS
« BASE HEATING
o ORBITER DAY WEIGHT

« ACOUSTICS
~ PAYLOAD
- BASE OF ORBITER

« ABORTS -
- PROBABILITY OF LOSS OF THRUST
OF A BDOSTER ERGIRE
~ DIFFICULTY OF THRUST TERRIRATION

\)

<< L <

<AL <

<« ce<c<e< <

<=

SERIES ] PARALLEL
m .
En Liguies | souins REMARKS
RN E
v NO ASCENT CONTROL BY ORBITER IN SERIES BURN.

KO TYC OM PARALLEL BURM SOLIDS.
THRUST (MBALANCE SOLID TO SOLID, BUT ORBITER ENGINES CAN HAROLE.

IGMITED FROW LIFT-OFF ’
LOADING CONDITIONS MORE FAVORABLE FOR TWIN SOLIDS .

PARALLEL LIGHTER IN GLOW 1.4 B LB PR.FD. 0.143ML8 F~1
RECOVERY HOT REQUIRED FOR SOLIDS'

LONG, ARD FLEXIBLE FOR SERIES. VS ASYMMETRICAL FOR PARALLEL

BASE OF HO TANY. AND ORBITER EXPOSED. 500 LB TPS PENALTY
PARALLEL SAVES S5 LB (INSIGNIFICANT)

PAYLOAS FARTHER FROW BOOSTER ENGINES, BUT TWIN SOLID ENVIROIZENT 0.

OVERALL SOUND PRESSURE LEVEL OR ORBITER WIGHER FOR PARALLEL, BUT ARSI
ATTENUATES TO NO PENALTY.

NO ABORT CAPS, BOTH 800STERS REQUIRE THRUST TERKINATION
SOLIDS HiGHLY RELIABLE

SOLIDS REQUIRE BLO® QUT PARTS

« SEPARATION $1¥-8 TYPE SEPARATION vs HINGED ROTATING NETHOD
o GROUTH CAPABILITY V| weaniy equat aTv,« moopps [ PARALLEL]  SERIES Liquios
SOLIDS PF FA
« COSTS - TOTAL PROGRAR v, wan | ot | e
-~ ROTRE y v 1z s ,"ﬂ
- COST/FLIGHT |

15 MARCH 1972
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PART Il - VOLUME | ‘ ' © LARGE ORBITER, 15° 160" BAY ~ FIGURE 4.2-4
@ EASTERLY HISSION. 5 K L8 PAYLOAD : .
SERIES g
- : PRESSURE FED PUMP FED PARALLEL SOLIDS
TEm VEIGHT ¢ BASE  WID. | BASE  WID. BASE  WT0. BASE  WTD.
FACTOR | PRESSURE  RISK RISk RISK  RISK RISK RISK |- RISK  RISK
_FED  FACTOR FACTOR| 4F.1 FACTOR FACTOR [10MiPc  FACTOR FACTOR|TWIN 15" FACTOR FACTOR
BOOSTERSIZE | 1 HEAVIEST 4 ] 3 3 [LIGHTEST 2 2 JLICHT & ] 1
EXPEND-
_ . ABLE
ASCENT FLIGHT | 2. | FIng? 25 s |rins 3 6 (N - 25 5 |we ? :
MECHANICS & MARG'L
CONTROL - ENG. OUT
ASCENT 1 AERO 3 1 [sameas 3 3 |sameas 1 3 | Loworag 1 1
AERODYNANICS DRAG PRESSURE - IPRESSURE
o |ren . FED
LOADS 1 BODY ? 2 [same 2 |samE 2 r Jacousic ¢ '
BENDING ASF-] _ 7S F-1 HIGHER og
™
SEPARATION } CONVEN- 2 7 leomvew 2 2 |conves. 1 1 {wwe T
. TIONAL : TIORAL - TionaL ‘ CLEARNACE
ABORT 2 oy 1 ? lweeer 3 6 |wener 3 § |LowPROB 3 3
’ PROB- PROBABILITY PROBABILITY ABILITY
ABILITY : : THRUST
A v TERWINATION REQUIRED
BOOSTER 2 NEW ' s [ewsting 2 +  |wop.FROM 3 ¢ | some pEVEL- 1 2
ENGINE o _ ORBITER OPMENT -
’ SIMPLE
SYSTEM
BOOSTER 1 HEAVY 3 3 JFEWER H H LARGEST NO. 4 [] NO REUSE 1 I
PROPUL SION RESIDUALS ENGINES OF ENGINES REQ'D :
ATTACHMENT S | 2 RUGGED 4 s [water - 25 s fsameasrt 25 s lemeakur 1 ?
BOOSTER TANK . IMPACT ACCEPTA-
STRUCTURE MATERIAL CRITICAL : BLE *
BOOSTER ? ROCKETS 2 [ ) 3 $  [mm [ s |exeens 1 2
RECOVERY SUSTAINER ~ © SUSTAINER ABLE
| SYSTEM CHETS lrockers _
OPERATIONS |- 2 BOOSTER 2 - 4 JALSOENGINE3 - & PAMEASFI 4 8. Jexpeno 10 2
CERTIFICA- WATER DE- ABLE
TiON VELOPMENT :
TESTING AND 2 3 T -3 s 3 §OLESS ! 2
DEVELOPMENT TESTING
DEPTH OF 1 ws L5 15 JLOWER 3 3 howest. 4 & sussTaw- - 15 1S
ANALYSIS STANTIAL _ ' SO 1L
TOTAL : n 82.5 345 54 ¥ 61 25 325

FIGURE 4.2-5
SYSTEM COST COMPARISON

1-216A

6.0 : | : | : l
55 15560 CARGO BAY SIZE 14 145
LIQUIDS ° SERIES BURN o
’ A  PARALLELBURN A
m 5.0
[~ 2
]
-
a
(5 ]
(VY]
o8 4.5
e SOLIDS
a0
-

10 6.0 8.0 100 12.0 140 - 16.0 18.0
COST/FLIGHT - $M
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FIGURE 4.3-1 ° |
UNMANNED RECOVERABLE PRESSURE-FED
BOOSTER LAUNCH ARRAWGEMERNTS

255

TANK END LOAD : .SIDE BY SIDE
(SERIES BURN) . (SERIES O0R PARALLEL* BURN)

The comparison criteria which were considered in the TEL vs S8 configuration
trade are summarized in Figure 4.3-2. The check marks indicate a preference and
the dashes indicate that no clear preference could be identified. -The items in

" favor .of TEL definitely predominate for the series burn system. Details of
anaiyses supporting these assessments weré published in Design Note No. I-East-TI-

34, dated Nov 71.

The one important item that tended to favor SS mating was Orbiter-with-tank
abort separation prior to depletion of Booster propellant. This factor did not
impact the unmanned pressure-fed system since it could be expendable in an emer-
gency. The manned RF—lB-Booster'would require modifications (such as engine restart
capability or addition of a dump system) if the abort gap for the Booster is to be

minimized.

4.4 Orbiter Engine Selection

The recommended main engine configuration for the baseline (15 x 60 ft pay-
load) Orbiter is three high chamber pressure, oxygen/hydrogen engines, each of
which delivers 470,000 1b of vacuum thrust. . This selection is the result of a

series of trade studies in which various J-2 derivative engine designs, as well
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FIGURE 4.3-2
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'TANK END LOADED VS SIDE BY SIDE
MATING COMPARISON SUMMARY

o TEL = TANK END LOADED: SINGLE HO TANK

» 58 = PARALLEL SIDE MATING: TWIN SHOULDER HO TANKS

PROGRAM COST

TANK COST

LAUNCH OPERATIONS & FACILITIES
CARGO ACCESS ON THE PAD
MATED ASCENT DRAG

ASCENT GUIDANCE & CONTROL: -
- MATED BOOST ‘
- ORBITER ONLY ASCENT

ASCENT HEATING  ©

STRUCTURAL DYNAMICS:
- INTERFERENCE FLUTTER

< FLEXIBLE 80DY

ABORT:
- SEPARATE AT BOOSTER BURNOUT

~ SEPARATE BEFORE BOOSTER
DEPLETION - .
ORBITER & TANK FLY BACK

ORBITER ONLY GLIDE BACK

-

—

LR | A A AR P

—

-,
-

- e e

RF-18 PFRB ‘
CRITERIA TECT s Tvecl s | COMMENTS
WEIGHTS: | . " TEL a WEIGHT (K LB): .
- GLOW | \| 'RF-1B  PFRB
‘ -148 -401
- DRY ORBITER \(, -5 -5
_ = DRY TANKS \| -25  -33
"~ DRY BOOSTER Y 28 -3 .

TEL RF-1B= + $3# & COST
TEL PFRB = -$140 W & COST

TEL SINGLE TANK CHEAPER

PROS & CONS ABOUT BALANCED

§S TANKS OBSTRUCT BAY DOORS

TEL MATED ASCENT Cq = 2/3 OF §$ Cp

TEL LESS C.G. GIMBAL TRACKING & .
LARGER CONTROL MOMENTS

TEL HAS LARGER YAW/ROLL COUPLING
GIMBAL ANGLE REQUIREMENT

TEL LESS INTERFERENCE HEATING

$S HAS POTENTIAL WING INTERFERENCE
PROBLEM

FIRST BENDING MODE=>1.1 Hz FOR BOTH.

$S ROLL MODE MAY HAVE COUPLING
PROBLEM

TEL & S ABOUT EQUAL

TEL REQUIRES THRUST REDUCTION TO
60-10% FOR ORBITER TO OUTRUN

- BOOSTER.

TEL REQUIRES ONLY ONE SEPARATION
OPERATION; SS REQUIRES THREE .
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as the HiPc SSME, were evaluated and variations in engine number and thrust level

were assessed.

The engine selection studies began. in response to Technical Directive 71 which
specified either a J-2 or a J-2§ engine for a Mark I Orbiter and development of an
interchangeable, High Pc engine for Mark II. As reported in Design Note I-EAST-
TI-36, the J-2S engine was recommended for Mark I and four 306,000 1b HiPc engines
(constrained envelope design) for Mark II. However, the study results also indi-
cated that use of a single engine design for both Mark I and Mark II would provide

a significant cost .advantage.

The evaluation of candidate Orbiter engine designs is summarized in Figure
4,4-1, Both J~2S and HiPc engines were considered, along with variations in the
number of engines and thrust per HiPc engine. The recommended configuration was
three 450,000 1b vacuum thrust HiPc engines. The vacuum thrust was subsequently
revised to 470,000 1b to be compatible with the 415,000 1lb reference sea level
thrust of the powerhead in the original ICD engine used as an early point design.
The selection of 470,000 1lb was later validated for revised Orbiter and Booster
design characteristics. The results are shown in Figure 4.4-2 for parallel and
series burn vehiclés and for both a 15 x 60 and a 14 x 45 ff payload bay. Details
of the sizing/performance analysis are presented in Section 5.0. For the baseline
15 x 60 ft payload bay, 470,000 1b per engine provides near minimum cost for either
parallel or series burn. This was based on the NASA specified minimum allowable
staging velocity of 4000 ft/sec. Lower staging velocities could reduce costs but
would require more thrust from the Orbiter engines. If a 14 x 45 ft payload bay
is used the optimum-cost thrust level for 4000 fps staging would be reduced to

about 420,000 1b per engine.

4.5 Payload Bay Size

Reducing the size of the payload bay has been repeatedly studied as a device
for reducing Shuttle Program costs. Early in Phase B such a study indicated that
program costs could be reduced by about $200M but accommodation of payloads would
be extensively restricted. As éach major change in Shuttle concept was introduced,
reduction of payioad bay size was aéain studied: nofably in the consideration of
alternate tankage concepts and again in a study of alternate Booster concepts.

These two studies are described below.

A.4-9
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FIGURE 4.4-1 | o

ORBITER MAIN.ENGINE SYSTEM SELECTION

CONSIDERATIONS
< ORBITER THRUST OPTIONS R '
. _ : COST COMPARISON
4-6 %K 128 - - -
430K  J-25 UPRATED ' :
3-4 300K - 450K Hi Pe ] - OELTAS FAOM BASELINE
. ’ BASELINE CONCEPTS IASEL"IE__ R HiPe {ALONE)
* STUDY PARAMETERS : 3-8-=HiPc| (aong) | 4-305K LB [3-450 KLB] 4-4%0 kLB
* ORBITER GEOMETRY/REIGHT EFF Em . : . (VAC) {VAC) (VAD)
* VsTAGING VS ORBITER THRUST LEVEL P e e U | | oam | am | s
* VSTAGING, GRONTH CAPABILITY, il w | S T i i
. TOTAL PROGRAN 12,161 -0 -a - -m
“THRUST LEVEL mrzanzunousmrs PAF N il M o ' S
’ $INGLE RAO/SERIES BURN
* PROGRAM. COSTS ROTSE 373 -2 -1 T IR B U
ToTAe ot ’ .loss';: 'oi:; u: : e
. X - - -3 -
TOTAL PROGRAM 1,046 (18) n N o3 on
; THIN RAQ/PARALLEL BURN :
RDTSE N 5,199 -3 -8 =208 =15
PER FLIGHY 0 0.0 [ B <401 0.8t
[[X]3] -1 - = -
JOTAL PROGRAY - man| a2 W3t o5 ols
THREE ENGINES PREFERRED TO FOUR
a3, .
r,,q + o ASSUMING CONSTANT TOTAL CRBITER THRUST
N NUMBER |.
" CRITERION | OF ENGINES |
3 4
m RELIASILITY ‘[ « SYSTEN RELIABILITY HIGHER WITH FEWER ENGINES PROVIDED
ABCRT GAPS - - « MO SIGNIFICANT DISCRIMINATOR BETREEN JAND & ’ C ON C L U S I ONS
) ENGINE SYSTEM
OEnGH ' ‘l i o FEUER ENGINES ALLOR VEHICLE INTERFACES TO BE SMPUIFIED . .
BARITERANCE v  UANHOURS — 3 HiPe 96 MMIVFLT « SINGLE ENGINE DEVELOPMENT PREFERRED
& HiPc 128 BMNFLT X
: 4 -5 160 A FLT o 8 J-25 ENGINE SYSTEM FEASIBLE FOR BOTH SINGLE AND THIN RAO (Pnessunz -FED)
Y « FIELD OPERATIONS (SUPPORT, SPARES. TURNAROUND TWIE) Verp 1000 FPS
FAVOR FEWER ENGINES . i STG _
- - ! : : .
FLIZNT OPERATIONS | ¥ « DATA MONITORING. INSTRUMENTATION, ELECTRICAL PORER « HIGHER ORBITER THRUST ALLOWS REDUCED Vgyg AND LOWER COSTS
) ) * CONSIDERATIONS FAVOR FEWER -ENGINES . .
ONSITER WEIGHT : \I o THREE ENGINE SYSTEM 1000 LB NEAVIER o “UPRATED" J-2$ BETTER THAN )-2S, BUT HiPc IS SUPERIOR

o 3-450 K ENGINES REPRESENTS 6000 COMPROMISE FOR BOTH SINGLE AND TWN
RAO (PRESSURE-FED) SYSTEMS

o 4-450K ENGINES WOULD SAVE MORE THAN $100 M IN SYSTEM COST FOR PARALLEL
BURN. EXPENSE OF ORBITER AERO/CG DESIGN PROBLEMS NOT ACCOUNTED FOR.

o 3- 450 K ENGINES 15 RECDMM_ENDEﬁ SELECTION

A. 4-10
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4,5.1 Payload Size with Alternate Tank Concepts — Three concepts of Orbiter

propellant tankage were investigated to determine their sensitivity to payload bay

size. These three Orbiters had the following characteristics when defined in their

15 x 60 ft payload bay configuration:

15 x 60 Bay Single HO Twin-H No External
Configurations Tank Tanks Tank
Volume (Cu Ft) |
Internal Main Propellant 0 11,050 25,398
Occupied Fuselage Volume 17,255 28,135 43,340
OML Volume 39,172 57,400 76,095
Packaging Efficiency 0.44 0.49 0.56

X

*Each Orbiter design was modified to accommodate several payload bay sizes. Allow-

“ances were made for resizing aero surfaces, surface controls, landing systems, and

‘the auxiliary propulsion system.

These modified Orbiters, their expendable tanks

~#and fully reusable Boosters were then resized to prbvide 40,000 1b payload in a

“polar orbit.

The resulting program cost trends are shown in Figure 4.5.1-1, Vehicles with

larger volumes of internal main propellant are less sensitive to changes in pay-

load size. For example,.when the payload bay of the HO-tank Orbiter (zero internal
propellanﬁ) is shortened by 20 ft, the fuselage is likewise shortened by 20 ft and
considerable unused volume beneath the bay can be eliminated. On the other hand,

when the bay is shortened on the all-internal propellant configuration the tankage

eliminated under the bay must be contained in a larger fuselage.

At the time of this study, the Shuttle Program was defined as a two;phase
program'with"an_interim expendable Booster and Mark I Orbiter design; The initial
premise was to Aesign the Orbiter with a short payload bay and evolve to a longer
one (with no diameter change) later in the progfam. The longer bays would then be
employed with the fully reusable Booster. It was determined that stretching the
delta-wing Orbiter was impractical. Because of the blended wing-body, aerodynamic
balance and wing fairing requirements precluded transition to a longer bay without

costly design compromises.

A,4-12

4



MDC E0558
PART Il - VOLUME I

. FIGURE 4.5.1-1

EFFECT OF PAYLOAD BAY SIZE ON COST

15 MARCH 1972

DESIGN WITH NO STRETCH

300~ 12 x 40 P PAYLOAD BAY SIZE
(DxL-FT)

PROGRAM COST REDUCTION - $ M

2008~  15x40

12 x 40

100 |-

12x60

15x40 |

15 x 60 g Y : %
SINGLE HO TANK © . TUIN H TANK NO EXTERNAL TANK

gy

The swept-wing Orbiter, however, was found to be amenable to stretching, but
the cost benefits of the small bay were severely limited even for the HO tank
system. A 12 x 40 bay program which grows to a 12 x 60 bay would cost the same as
an entire program at 12 x 60, plus an additional $30M cost for the dual vehicle
design which must be carried along. With the smaller payload bay diameter, the
program peak funding is reduced by only $13M, but about 55% of the anticipated
NASA and DoD payload traffic opportunities are lost.

It was therefore recommended that shuttle designs continue with the baseline

15 x 60 ft payload bay.

4.5.2 Payload Size for Current Orbiter Configuration - Two payload weight

and size options were specified for detailed comparison during the final weeks of
the study. ‘
Baseline: 15 x 60 ft bay

65,000 1b easterly ascent payload

40,000 1b payload landed

A. 4-13
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Alternate: 14 x 45 ft bay
' 45,000 1b easterly ascent payload
25,000 1b payload landed
These dimensions are the allowable payload envelope for which the actual Orbiter

bay design provides a minimum radial clearance of three inches and about one foot

clearance at each end.

The baseline 15 x 60 ft bay Orbiter is the result of in-depth weight analysis
of design drawings (basic drawing — 068B) based on several iterations of aerodyhamic
and structures analyses. The alternate 14 x 45 bay Orbiter design (drawing - 085A)
was derived primarily by parametric analyses. The validity of this approach was
checked by comparing dry weight trends with those of commercial aircraft (Figure

4.5,.2-1), thus enhancing the confidence in the results.

Figure 4.5.2-2 summarizes the basic dimensional and weight changes realized
when both the payload bay and weight are reduced. Figure 4.5.2-3 expands the
definition of the sﬁaller Orbiter (right two columns) and also shows an inter-
mediate case, in which the large bay.is retained and only the payload weight is
reduced., This intermediate change reduces the dry weight of the Orbiter 4720 1lb
whe;eas the smaller bay results in a reduction of 9655 1b. The attendant Orbiter
cost reductions are $104ﬁ; half of which is attributable to reduced payload size

and the other half to reduced landed weight.

Boosters and HO tanks were resized and costed with the minimum Orbiter.
Program cost savings ranged from $202M for the F-1 Pump-Fed System to $576M for
the Parallel Burn Pressure Fed System. Cost savings for the Series Burn Pressure
Fed and Parallel Burn Twin 156" SRM are $447M and $526M, respectively. About 3/4
of this .savings results from payload weight reductions, and only 1/4 from bay size

reductions. ’

Bay size reduction is extremely restrictive to mission accomplishment. Use
of the 14 x 45 ft bay would preclude about one sixth of the NASA missions. About
two thirds of the DoD missions could be accomplished with the smaller bay, but

most would require dual launch.

A.4-14
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® FIGURE 4.5.2-1
) WEIGHT TREND

N | | | /’DC-]O
. - 1
200 ' : ) : et s e

180

160

TT000A (sx60)
«~ (6588 (15x60) |
* 98 EXT TANK (15x60) -

[14x45)

1401

120

1004

DRY WEIGHT ~ 1,000 LBS:

80

60

w0l - 0c-9

- >

6000 10,000 14,000 18,000 22,000 26,000 30,000 34,000 38,000 42,000

BODY MOLD LINE VOLUME ~ FT3

FIGURE 4.5.2-2

ORBITER BAY SIZE
DESIGN COMPARISON

18,FT
"
|
‘ 79.6 FT
BAY SIZE (FT) = _5x60 )4x45
PAYLOAD (X LB)
ASCENT 65 45
LANDED 40 25 75.247
WEIGHTS (K LB)
DRY 148.8  139.1
INJECTED CORE '252.0 219.7 2

LANDING 192.7 168.0

BAY SIZE FIn  15x60 ° .-14x45 = -

DRAWING:NO.. (0688 -, . O85A,
. : TR e S
}
!
® e ==—osn===d
} 992 F ———————ni|
i Na.3 FF |
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FIGURE 4.5.2-3 ' .
ORBITER GROUP WEIGHT COMPARISONS

o EASTERLY MISSION WEIGHTS - LB

BAY SIZE 15 8 60 15 % 60 . WS
PAYLOAD WEIGHT REQUIREMENT : 65K 5K BNT 5K AWY
HING GROUP . 16,214 14.474 -1,740 14.305 ~T903
TAIL GROUP 2,766 2,106 -60 2,643 ~123
BODY GROUP ; 860 28,620 - .10 -2.500
INDUCED ENVIRONSENT PROTECTION 25.602 24,042 ~1,560 2m -2831
LANDING. RECOVERY. DOCKING 1911 1442 -530 1.29 ~128
PROPULSION-ASCENT 23.000 23,000 23,000 .
PROPULSION-CRUISE 1 -0 0 )
PROPULSION-AUXILIARY 6,483 6,283 -200 6.261 -2
PRItE POWER 4,020 4020 4020
ELECT. CONVER. AND DISTRIBUTION 2.530 2,530 2,530
HYDRALILIC CONVER. AND DISTRIBUTION 1.510 1.510 1510
SURFACE CONTROLS . 499" 4197 -200 4,529 -n
AVIONICS 5,730 5,730 5730
ESVIRONMENTAL CONTROL 6,550 6.550 6,550
PERSONNEL PROVISIONS 800 800 ’ 800
RANGE SAFETY AND ABORT ' 0 0 0
BALLAST [} 0 0
GROY.TH UNCERTAINTY 12,008 11,518 ~4% 11128 -380
) SUBTOTAL (DRY WEIGHT) (148,807 (143,087 (-4120) (139.140) 1~9,66%
PERSONNEL . 1,200 1,20 1.200
CARGO 65.000 45.000 -20,000 45.000 ~20,000
ORDNANCE 0 0 0 i :
RESIDUAL FLUIDS 2,156 2.15 2156
SUBTOTAL (INERT WEIGHT) {212,163 . 1192.043) -20,120) (187,499 (-29.665)
RESERVE FLUIDS 13915 12,605 ~1,310 12412 -1.403
INFLIGHT LOSSES 5.443 5.443 ' 5.443
PROPELLANT-ASCENT 0 0 0
PROPELLANT-CRUISE : 0 0 (]
o PROPELLANT-NANEUVERS 'ACS t 15.501 14325 ~1,176 14,290 -1
‘ TOTAL :GROSS-REIGHT) LB (252,022 (224.816) (=21.206) (219.70% (-32.319
ENTRY WEIGHY - LB 197,110 117,930 -19.7201 173,085 -24.665
LANDING WEIGHT - L8 192,659 172,939 -19.720 167,934 1-24.665)
L ANOED CARGO 40,006 * 75.000 (-15.0001 25.000 1150004

4.6 Flight Performance Reserve Summary

o
LA
e

The total impulsive velocity reserves required to overcome statistically
predictable deviations of parameters that affect vehicle performance have been

evaluated for several vehicle configurations. The vehicle configurations analyzed

were:
Parallel qun 2 x 156" SRM (VS = 4000 fps)
Parallel Burn Pressure Fed Booster (VS = 4000 fps)
Series Burn Pressure Fed Booster (VS = 4000 fps)
Series Burn Pressure Fed Booster (Vs = 5000 fps)
Series Burn F-1 Pump Fed Booster (VS = 5000 fps)

The parameters that contribute to the error sources include vacuum specific
impulse and thrust, mixture ratio, total propellant loading, inert weight, G & N
error, winds, and axial force coefficient. The effect of each on Orbiter velocity

reserve was evaluated individually, and the reserve was then calculated as the

"root sum square' of the individual values. The analysis treated both closed-loop .
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and open—-loop PU systems for the liqﬁid propellant systems. The results are com-

pared in Figure 4.6-1 to the 1% of total velocity which has been used for sizing.

The flight performance reserve requirements for the parallel SRM configuration
and for both the series burn pressure fed booster and pump fed (F-1) booster con-
figurations compare favorably with the available reserves. Requirements for systems
with closed loop PU in the Orbiter (baseline) fall below that available for these
configurations. Only in the case of the twin pressure fed boosters with parallel
burn does closed loop PU in the Booster show a substantial advantage. Detailed

FPR computations can be found in Part C, Sections 1, 2 and 3.

4.7 Engine Mixture Ratio Range

A study was made to define the engine mixture ratio (EMR) reqﬁirements for
the HiPc engine. To permit closed loop propellant utilization, the engine must
be capable of commanded operation over a range of mixture ratios for error
correction. The range required depends upon the tank mixture ratio‘error, which
is a statistical combination of the loading and EMR errors, as well as on the
nominal EMR and on the percent of total burn time allocated to correction. The
design values of the loading and EMR errors for the Orbiter are: LOX lbading,

+1 percent; LH, loading, +1 percent; engine EMR, +2 percent. Those S~IV and

2
S-1IVB flights with closed loop propellant utilization were reviewed, and this led

to selection of a value of 50 percent of total burn time for correction.

The required EMR range for these conditions is presented in Figure 4.7-1.
As shown, an EMR range, or swing, of about +.25 mixture ratio units is adequate

for a three engine Orbiter.

A: 4217
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FIGURE 4,6-1.. : .
FLIGHT PERFORMARCE RESERVE SUMMARY
CONFIGURATION s ORBITERAVELOCITY RESERVE
, AVAILABLE REQUIRED
PARALLEL BURIL - TSPM (Vs = 4000 FPS) FROM SIZING (FPR 12) - _
WITH CREITER PU: - NON +307 FPS NOM ~220 FPS 10 MON +278 FPS
HITHOUT QRBITER PU: : o NOM -220 FPS TO NCM +397 FPS
5 - 7PFB_(Vs_= 4000 FPS)
TZR PU: NOM +308  FPS NOM -182 FPS TO NCM +252 FPS
WITHOUT OPCITER PU: NOM -182 FPS TO hCM +381 FPS
WITUOUT DOGSTER €U . ;
UITH OPBITER PU: o NOM -182 FPS TO NOM +1102 FPS
WITHOUT OKUITER PU: , NOM -182 FPS TO NOM +1138 FPS
SEIES BUPL - PF3 (Vs_= 4000 FPS) :
P1
HOM -143 FPS TO NOM +215 FPS
( NOM =143 FPS TO KM +299 FPS ;
(
i NOM +308 FPS HOM ~143 FPS TO NHOY% +237 FPS
H1THOUT ORLITER PU: . : NOM =143 FPS TO HOM +317 FPS
SERIES BUR - PFB (Vs = 5000 FPS) - :
NTTH EGUSIER P . v
HB1TER PU: NOM -13S FPS TO NG +197 FPS
WITHOUT GFSITER PU: NOM -139 FPS TO HOM +263 FPS
WITHOUT SGOSTER PU
i {7EP PU: -~ NOM +302 FPS HOM -139 FPS TO HOM 4243 FPS
U ORZITER PU: ) HOM =139 FPS 70 NOM +259 FPS
SERISS BURM - F-1 (Vs = 5000 FPS) .
WITH GCUSTER PU :
TRTH OroTTER PU: NOM +300 FPS . NOM =127 FPS TO NOM +199 FPS
WITHOUT GRGITER PU: NOM -127 FPS TO NOM +274 FPS
MITEOUT E0257TER PU . .
T VITH ORBITEX PUT NCM -127 FPS TO NOM +218 FPS
WITHOUT ORBLTER PU: NOM ~127 FPS TO NOM +288 FPS

FIGURE 4.7-1

"ENGINE MIXTURE RATIO RANGE REQUIREMENT

" 1% LOAD ERROR - EMR = 5.5 —-_—————
2% EMR ERROR EMR = 6.0 »
EMR = 6.5 —_—
0.6
PU CORRECTION TIME
AS PERCENT OF BURN TIME  50%
0.5 |
2
5 04
(-4
&5
0.3 |-
0.2 |
0.1
0 \ 1 i ] \
1 — 2 3 ] 5

NUMBER OF ENGINES
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5.0 System Sizing and Performance

Following detailed analytical studies, a final iteration of the parametric
analyses of alternative system concepts was undertaken for the Series Burn Pressure-
Fed and Pump-Fed Boosters with 15 x 60 ft payloa& bay Orbifers, and Twin Solid
Parallel Burn Boosters with both 15 x 60 ft and 14 x 45 ft péyload bay Orbiters.
Comparison data for 4-120" SRM parallel systems are also provided in sizing and

cost summary charts.

5.1 Analysis Technique

Figures 5-1 and 5-2 show the booster .mass fraction parametrics with the design
points noted. The maés fraction of the Parallel Burn 156" motor (SRM) used in the
final sizing was 0.881, independent of ﬁropellant load. Figure 5-3 shows the
variation of the mass fraction of the Orbiter HO tank with propellant load, with
the four design points noted. These curves, plus the Orbiter gross weights from
Figure 4.5.2f3, allow the system to be sized for any desired staging velocity,

orbital inclination, thrust-to-weight ratio, etc.

The design points sizing summaries based on easterly missions are presented

in Figure 5-4 for the following conditions:

" System . VS . (T/W)1
Pressure Fed Series . 4000 : 1.35
Pump Fed (F-1) .Series 5000 . 1.35
SRM Parallel (156') 4000 1.405

5.2 Effect of Staging Velocity

Figure 5-5 shows the variation of lift off weight and total program cost as

a function of staging velocity. Minimum cost for the pressure fed series and the

156" SRM parallel cases occurs at staging velocities below the 4000 fps specified

as minimum. The pump-fed F-1 series burn case exhibits an opposite trend, because
engine hardware costs do not increase with increased staging velocity. Minimum
GLOW occurs at about 5000 fps for ;he F-1 system. .This; together with the fact
that growth accommodation of the F—i‘system at Vs = 5000 fps is about equal to
that of the pressure-fed system at VS = 4000 fps (see Para. 5-4), led to the
selection of these different staging velocities for the purpose of comparing the

competing series burn systems.
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F1 BOOSTER MASS FRACTION - A

.87

.86

.85

.84

.83

.81

PF BOOSTER MASS FRACTION -

* TANK MASS FRACTION (a')"

,940

.89

.80

FIGURE 5-1
-1 BOOSTER MASS FRACTION
//
// A
7 oeoi
: | pesten porgT
T wp =|2.687Ix106 18
- * = 18623
2.0 . 3.0 4.0
BOOSTER USABLE PROPELLANT - M 8-
FIGURE 5-2
PRESSURE FED BOOSTER MASS FRACTION
SEA LEVEL THRUST - LB
dods - 1
\ == / ] ]
NP ==
8/0 Wi — /Qg/ e
1 —— /
/
//9<-— DESIGN POINT |
— = - Wp =[3.437 | 10° L8
] 7;7.8-101515‘
] P l
3.0 4.0 _ 5.0
BOOSTER USABLE PROPELLANT - M LB
FIGURE 5-3
EXTERMAL TAHK MASS FRACTION
14345 LB} DESTEN e
g 14?8000 8 e///o L o
ilﬂ .9%73 lp' ={,9589
PARRCLEL BUR:T _>// .
TSR 156" I PRESSURE F§D DESIGN
e O Rt
AT =],
SERLES. J"’{ LESIG
T Wol= 1031000 L
BURN . Pl
27 {= .0488
//
//
.6 .8 1.0 1.2 1.4 1.6 1.8

USABLE PROPELLANT (Wp) - H L8 -
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FIGURE 5-4 : : :
SYSTEH SIZING SUMMARY
T8 % 50" PLBAY T 74 % &5 PLEAY
“SERIES BURN . PARALLEL BUSI
PRESSURE X ZT5E™ . ~YS5™ 707
o PRESSI Pl R azor [ ET 3120
[ pavioan (x te): estemLy 5.0 1es5.0 6.0 . | 65.0 45.0 45.0
: . RESUPPLY N2 3.3 3.2 N3 . {229 23.0
POLAR : 40.6 20.8 304 20.6 23.3 24.0
HISSION_DESCRIBED EASTERLY - : eeieee J
ORBITER STAGE: - : o
CORE WEIGHT (K 18) 252.0 252.0 252.0 257.0 219.7 219.7
ORBITER DRY WT (K LB) : 148.8 148.8 148.8 128.8 139.1 139.1
USKSLE PROPELLANT (K LB) 1196.6 logi.z  [1577.9 1533.8 | 1407.7 1292.3
START PROPELLANT (K LB) 2.2 2 - - o - =
TRIK MASS' FRACTION (L8/LB) .3518 ~3488 .9589 9586 L9573 9560
TANK DRY WT (K L8) 58.1 53.5 £4.8 63.5 60.3 §7.2
EIGINES 0./VAC, THR. PER ENG. (K 1B) [3/470 | 3/470 3/470 3/470 3/470 3/470
VACUUM MIN Tgp (SEC) ass ass - ass 455 455 455
_ OLOY (K LB) 1512.2 1341.7  |1898.6 1853.1 1691.2 | 1572.4_ |
BOOSTER STAGE: : : .
BOOSTER MASS FRACTION (LB/LB) 8058 8633 881 8647 881 8647
INERT WEIGHT (K LB) 828.5 - 429.2 2x143.8 | &95.0 | 2x114.6 | 4x95.0
ORY WEIGHT (K L8 ~ 734.9 372.3 -- - .- I
P ey (K L8) 3336.9 2687.3  |2x1068.5 | 4x607.4 | 2x848.5 | 4x607.4
ENGINES. NO./S.L. THR. PER ENG. (K LB) |6/1300 41505 |2/2575 41397 | 2x2067.8 | 4/1397
VACUWM MIN Igp (SEC) 219 304.1 264 262.8 264 262.8
BLOW (K LB) 4265.4 3116.5  |2816.5 20098 |1926.2 | 2809.8 |
[6Low (K LB) 5777.6 3458.3 ans.2 4662.6 | 3617.4 4382.2
VELOCITIES (FPS) ' :
RELATIVE STAGING : : 4000 5000 4000 3692 4000 4837
1ST STAGE IDEAL : 8110 9033 7969 8394 7958 9316
2D STAGE IDEAC . 22984 21468 22760 22553 22008 21428
T/M: LIFT-OFF 1.35 .35 1.405 1.425 1.405 1.516
STAGING (VAC) .934 Jvioss - foigzr - | .44 1.071 1.162

5.3 Growth Accommodation

For the design points selected, unanticipated system growth can be most econom-
ically accommodated by stretching the HO tank, while retaining the design point
booster. The capability of the competing systems to do this is suﬁmarized in Figure
5-6 for the large Orbiter payload cases. For this analysis, it was assumed that the
Booster and Orbiter would grow at the same percentage rate. For 10% HO tank stretch
from the nominal design, the twin SRM parallel burn configuration can accept system
growth of 2,87 beyond the 107 built into the nominal design; the pressure fed series
burn case can accept 3.6%; and the F-1 series burn case 3.8%. The parallel burn SRM
case gains most by the use of higher staging velocities. At low staging velocities,

growth accommodation is limited primarily by the Orbiter design thrust levels.

5.4 Cost Summary

'The costs of the primary emphasis systems are summarized in Figure 5-7. bf the
three large payload candidates, the F-1 Series System has the lowest total program
cost, while the Parallel SRM case has the lowest RDT&E and cost per flight, even
though the SRM's are expendable., The sﬁall payload Orbiter saves about $526M in
total program cost, and $660 K per flight. Total program cost for the 120" SRM
systems'are the greatest, Althoﬁgh RDT&E costs afe low, cost per flight is higher

than other systems evaluated,
A.5-3
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OLOW OR GLOW ~ M LB

1.

TOTAL PROGRAM COST ~ $B

10.

10.

10.

STAGING VELOCITY - FPS

"TOTAL PROGRAM COST VS STAGING VELOCITY

15 MARCH 1972
FIGURE 5-5
LIFTOFF WEIGHT VS STAGING VELOCITY
o LUARGE QRBITER 15' X 60' BAY
/ A
——’——’f‘ T N— ESSURYE FEU {StK)
GLOW i —SRM (PAR) 156"
: ™. F-1|(SER)
/—PRES SURE FED (SR) _
/& F] (SER] 1 s (PAR) | 156"
7 7
o { [ 7
4000 5000 6000

o LARG

iE ORBITER 18

' X 60' BAY

|
— PRESSURE

E—
FED (SER)

/

— SRM (PAR

) 156"

S~

~— F-1 (SER)

4000

5000
STAGING VELOCITY - FPS
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QRBITER PROPELLANT WEIGHT - M LB

(=4
@

14

et
.
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Pt
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R
.
[

o
.
-]

FIGURE 5-6
GROWTH ACCOMMODATION

« LARGE ORBITER 15' x 60' BAY

15 MARCH 1972

EERIES BURN F-T 18 T -
{000 Vg - 4000 FPS 5000
\ — su00 ~ N
~ N :
\ 3 / So / PARALLEL BURN
\ g 18 - = 2-156" SRM
I
\ / — | by >~ 6000
\ 000 & " —
_ - , CoHg —
_ o 5 //8' /Zm HO TANK|
g ) < E \\\’/ STRETCH
/ \ / g 1.2 = SERIES BURN
o Vo = P PRESSURE FED
‘ re < = —"] \ 6000
w / . :
/ \_ 510 - ! //
10% HO TANK STRETCH &
. . e .—/-/
)r 0.8
_ | ; .
% 2 [ 6 8 10 0 2 ' 6 8 10
% SYSTEMGROWTH BEYOND U/G = 10% % SYSTEM GROWTH BEYOND U/G = 10%
~ FIGURE 5-7 |
COMPARISON OF MAIN EMPHASIS SYSTEMS
BURN MODE . SERIES - - . PARALLEL
ENGINE | PRESS. FED Fol 2-156" SRM_| 2-156" SRM_] 4-120" seM | 4-120° smm
BAY SIZE 15 x 60 15160 15260 14 245 15 x 60 14 x 45
STAGING VELOCITY (FPS) 4000 5600 4000 4000 3692 4837
WEIGHTS (K LB)
PAYLOAD (EAST) 65.0 65.0 65.0 5.0 65.0 45.0
GLOW 51116 4458.3 4315.2 3617.4 4662.4 4382.2
OLOW 1512.2 13117 1898.6 1691.2 1853.1 1572.4
USABLE PROPELLANT 11%.6 1031.2 .9 | w07 1533.8 1292.3
ORBITER DRY 148.8 1488 - 143.8 1.1 128.8 1391
TANK DRY 58.1 5.5 64.8 60.3 63.5 57.2
BLOW , 4265.4 316.5 eS| 192 | 2809.8 2609.8
USABLE PROPELLANT 3436.9 2607.3 200605 | 218485 | 4x607.4 | 4x607.4
BOOSTER DRY © 71349 3 (2x 143.8) {21 114.6) (4x 95.0) (4x 95.0)
T/ /(T/RY 135/0.93 | 1.35/1.053 | 1.405/0.927 | 1405011 |1.425/0.944 | 1.516/1.162
cosTs (s) : - ,
TOTAL PROGRAM 10,798 10,002 © 10,0 9681 __| mszs 11628
RDTRE 5,676 5,018 412 3,006 4006 3906
PEAK FUNDING (YEAR) 1,263(76) 1,135 (16) s 6) | 317 (6) | s22(76) 887(76)
PER FLIGHT (TOTAL) 1.50 £ 1.5 10.49 98 14,11 13.94
OPERATIONS 465 5.17 380 378 4.06 a0
TANKS L3 13 149 141 147 . 1.3
EXPENDED BOOSTER HARDWARE 148 L1 5.20 4.64 8.58 . 8.58

ALL CONFIGURATIONS HAVE 3-470 K HiPc ORBITER ENGINES

A, 5-5
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6. Space Shuttlé'SYstemé'Deécpiﬁtions

The configuration characteristics, ascent trajectories, and the performance
and control requirements of the systems selected for main emphasis are discussed

below.

6.1 Configuration Characteristics

The characteristics.bf two series burn and four parallel burn systems selected
for detailed analysis are summarized in Figure 6.1-1. The parallel burn twin 156"
solid rocket motor vehicles ére the lightest and the smallest systems but require
large HO tanks. Parallel burn system weights are based on expendable SRM's. The
ascent navigation and guidance functions for both series and parallel burn con-

figurations are controlled by the Orbiter.

Figures 6.1-2 through 6.1-7 illustrate each mated configuration.

FIGURE 6.1-1
" CONFIGURATION COMPARISON

SERIES BURN PARALLEL BURN
BOOSTER TYPE PRESSURE FED F1 156° TSMM 156 TSRM {4) 120° SpM (4) 120" s
CARGO BAY SIZE 16260 15x60 14x45 15160 14x45 - 15x60
MATED CONFIGURATION TEL TEL SI1DE BY SIDE SIDE BY SIOE SI10E BY SI1DE SIDE BY SIDE
GLOW (K LB -1 5117 445 3617 4315 4382 4£62
LENGTH (FT 303 258.6 150 15% 150 160
EASTERLY PAYLOAD (K LB) 65 65 45 65 45 » 65
STAGING VELOCITY (FPS) - 4000 . $000 4000 4000 4837 3692
ORBITER
OLOW (K LB) 1512 1342 1691 1898 1572 1853
NO. ENG/THRUST PER ENG (X LB) 37470 - 3/470 37470 37470 37470 /470
HO TANK .
TANK ARRANGEMENT SEP BLRMD SEP BLKHD COMMON BLXHD COMAON BLXMD COMA0H BLKHD €008 BLIKHD
SIZ€ (FT) 26.2x140 23x136.8 29.5x126 28.5x142 28.3x129 28,3x140
DRY WEIGHT (K LB) $8.1 §3.8 60.3 64.8 §7.2 63.5
B00STER . -
NO. ENG/SL THRUST PER ENG (K L8) | 6/1300 4/1505 , 2/2068 2/257% 41397 : 4/1397
e GIHBAL-6 DES GIMBAL-6 DES RONE NONE L1TVC-2 DE6 AV| L1TVC-2 DEG AV
CANT : 3 DtG 1ER0 15 DEG 15 DEG 6 DEG - 6 DEG
TANK COMON BLEHD COMHON BLKHD SEGHENTED 6 SEGMENT 7 SEGMENT 7 SLGHENT
RECOVERY * 6 SPEED BRAKES 4 SPEED BRAKES BALLUTE BALLUTE NONE HORE
6 RETRO ROCKETS 4 RETRO ROCKETS SUSTAINER ROCKETS | 2 SUSTAINER ROCKEYS) :
IMPACT VEL:100 FPS | IMPACT VEL:35 FPS | IMPACT VEL:35 FPS | IMPACT VEL:35 FPS
BLOW 4265 - mz 1926 247 2010 2810

® 156% TSRM SYSTEM WEIGHTS ARE BASED ON EXPENDABLE MOTORS. BLOW WILL INCREASE APPROXIMATELY 125 K LB FOR RECOVERABLE SYSTEM

A.6-1
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FIGURE 6.1-2
SERIES—BURN PRESSURE-FED BOOSTER

15 x 60 Payload Bay

GLOwW
OLOW (INCL P/L)
BLOW

& BOOSTER DATA

PROPELLANT WT
BURNOUT WT
MASS FRACTION
ISP (VAC)

S.L. THRUST
GIMBAL ANGLE

©® DESIGN CHARACTERISTICS

5,777 KLB
1,512 KLB
4,265 KLB

3,437 KLB
828 KLB

0.806

279 SEC

6 X 1,300 KLB

6 DEG

RETRO-ROCKET
6 PLACES

" BETWEEN ENGINES

15 MARCH 1972

SPEED BRAKE
6 PLACES
BETWEEN
ENGINES

~—413 FT—| -
| 304F7 !_* ]
i 4
< o it
N 4 ‘ A - g ! \\ L0 ‘ \\ I ",!
/; S (’ LH, 311N \',',r”! RP?_ by 2 3N e ;
£\ Loz | )\ DIA 'I|\\E\ ' ) DIA | et L b
\e] \J \ - . bt
2:) ’ Y 4 : - '/ * / — 1
1339 FT 31.0 FT=| |= 34 FT o s T

~——— 70.2 FT 56.3 FT
1518 FT
294.8 FT
FIGURE 6.1-3

=

SERIES-BURN F-1 BOOSTER

®¢

15 x 60 Payload Bay

o DESIGN CHARACTERISTICS
GLOW 44583008
OLOW 1,341.700L8B
BLOW 2,116.500 LB

© BOOSTER DATA
PROPELLANT WEIGHT =
BURNOUT \WEIGHT
MASS FRACTION
ispl VAC) MIN
S.L. THRUST
GIMBAL RANGE

2887KLB
=436,645L8B

0.857

304.1 SEC
=4 x1505K LB
=6 DEG

10 IN—]
1
AS

\ o f:.ox \\‘ =
S 276N u L 326 IN——£F- ]
Jo L ;'l\“‘ J e

T L

138 FT l 26 FT
™ 1221 FT
258.6 FT |
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¢ o  FIGURE 6.1-4

PARALLEL BURN TWIN 156" SRM BOOSTER
15 x 60 Payload Bay

28.7 FT DIA
156 IN. DIA

. © DESIGN CHARACTERISTICS
GLOW - 4315K LB
oLow . 1,899K LB
- sLOW T 2417K1B

¢« BOOSTER DATA (PER SRM)
PROPELLANT WY . 1,065K LB

|

]
’ BURNOUT WT 144 K LB
‘ 160 FT MASS FRACTION 0.881
! 1splVAC) : 264 SEC
t S.L. THRUST 2575K LB
GIMBAL ANGLE NONE

FIGURE 6.1-5
PARALLEL-BURN 4-120" 7 .SEGMENT SRM BOOSTER

15 X 60 Payload Bay

28.3 FT DIA
120 IN. DIA=—-

' \ | o DESIGN CHARACTERISTICS
. GLON 4663 K L8
OLOW 1853 K LB
. BLOW 2810 K LB
. ‘L © BOOSTER DATA (PER SRM) :
PROPELLANT WT 607 K LB
MASS FRACTION 8647

I 160 FT BURNOUT WT 95 K L8

Icp (VAC) 263 SEC

SP

S.L. THRUST 1397 X LB

. //
; ' TVC-LIQUID IMJECT 2 DEG Av
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FIGURE 6.1-6 (]
PARALLEL BURN TWIN 156" SRM BOOSTER

14 x 45 Payload Bay

29.5 FT DIA

" 156 IN. DIA: I '
’——"1' u o DESIGN CHARACTERISTICS
SLOW 3617 K LB
oLOW 1691 K LB
BLOW 1926 K LB

o BOOSTER DATA (PER SRM)
PROPELLANT WT 848 K LB
BURNOUT WT ~ 115 K LB

150 FT MASS FRACTION 0.88]

Igp (VAC) 264 SEC

S.L. THRUST 2068 K L8
GIMBAL ANGLE  NONE

£ 4 ' FIGURE 6 .1-7
A  PARALLEL BURN 4-120" 7 -SEGMENT SRM BOOSTER

14 x 45 Payload Bay
© 28.3 FT DIA — o

. 120 IN. DIA. "

AN r
: o DESIGN CHARACTERISTICS
. : GLOW. 4382 K LB
' oW 0LOMW . 1572 K LB
S | BLOW 2810 K LB
: a o BOOSTER DATA (PER SRM)
150 : PROPELLANT WT 607 K LB
. . 0 FT. BURNOUT WT 95 X LB
c MASS FRACTION .8647
- . Igp (VAC) 263 SEC
S.L. THRUST 1397 K LB
CL TVC-LIQUID INJECT 2 DEG Av
- - ”‘\

«Q

|

o

A- 6-4
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6.2 Ascent Trajectories

Extensive ascent trajectory analyses have been performed for the Shuttle system
concepts examined during this study phase. These analyses provided performance
verification of the sizing studies; insight into thrust shaping techniques required
‘to satisfy q and g constraints; reference trajectories for control, separation,

abort, and Booster entry analyses; and data for mission planning purposes.

A ﬁrajectory model has been used to simulate plane flight over a 3-D rotating
earth. Aerodynamic characteristi¢s used for the trimmed mated flight phases reflect
wind tunnel test data where available; see Volume IV, Booster Aerodynamics Design
Data Book. A three.dimensional propulsion model has been used to simulate engine
gimbaling required to satisfy moment balance. During the COV (Calculus of Variation)
optimization phase (foiiowing Booster Separation) a péiﬁt mass simulation was used

along with lift and drag forces.

6.2.1 Ascent Flight Sequence - Figures 6.2-1 and -2 show altitude as a

function of downrange distance and relative velocity for the Parallel Burn Twin SRM
156" and Series Burn Pressure Fed Booéter Configurations. The flight sequence is
initiated at 1ift-off with Booster and Orbiter main propulsion systems operating.
At 8 seconds the vertical flight phase terminates and a constant pitch-over rate is
flown to t = 20 seconds. A trimmed gravity turn is flown for the balance of the
mated flight. Max q (650 psf) occurs at approximately 70 seconds. The Booster
thrust profile is tailored to satisfy the 3g maximum axial load factor constraint
and max q constraint with only a modest ﬁerformance penalty. For parallel burn, the
Orbiter engine thrust is held constant (no throttling) to maintain adequate control
authority. SRM case impact is approximately 96 nm downrange of the launch site,
based on an atmospheric reentry simulation for a non-recoverable mode. The impaét
range of a recoverable SRM case (assuming a ballute plus retro rocket system) is
within 5 nm of the non-recoverable case. The recoverable pressure fed series burn

booster impacts 100 nm from the launch site.

Guidance for the balaﬂée of the Orbiter burn is based on an optimal thrust
vectoring profile. The Orbiter engines are throttled to about 70% of nominal during
the last 60 seconds of flight to maintain a 3g axial load factor."Orbit insertion
(50 x 100 nm) occurs at 515.7 seconds after lift—off; with the Orbiter engines
throttled to approximately 70% of the full thrust level.

A.6-5
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6.2.2 Staging Conditions - Figure 6.2-3 summarizes staging conditions and

Booster impact range for the Parallel Burn SRM, Series Burn Pump Fed F-1, and Series
Burn Pressure Fed Configurations sized for a 15 x 60 ft payload bay and for the
Parallel Burn SRM with a 14 x 45 ft payload bay. All configurations were sized

for 4000 fps staging velocity, except for the seéies Burn Pump Fed F-1, which was
sized for 5000 fps. Lift-off T/W is 1.35 for the Series Burn configurations and
1.40 for the Parallel Burn. A nominal 650 psf max q constraint was maintained in
each case. The lower staging q and increased Booster impact range for the Series

Pump Fed F-1 is consistent with the higher staging velocity.

6.2.3 Max q Control - Sizing of the main contenders reflects the Booster

thrust shaping required to satisfy the 650 psf max q constraint.

The greatest latitude in thrﬁst'shaping is provided by the SRM Booster and the
least by the Pump Fed F-1 Booster. Alternate max q control”techniques examined for
the F-1 Booster were (1) trajectory shaping without thrust shaping, (2) shutdown of
one engine @ approxiamtely 50 seconds and (3) two position orifice control of

thrust level, which is probably the best approach.

A comparison of the SRM and Pressure Fed Booster thrust sﬁaping techniques are
illustrated in Figure 6.2-4. The resultant q-time histories are shown in
Figure 6.2-5. A sharp rise on the front side of the q curve and an abrupt discon-
tinuity associated with the 20% thrust reduction identifies the Pressure Fed
Booster. Very little difference exists between the two time histories past max q.
For optimal performance, staging q is not strongly driven by the thrust shaping

technique., Staging velocity, however, can significantly affect staging q.

6.2.4 Staging Velocity - Because cost considerations tend to size the Shuttle
with small Boosters and hence low staging velocities, it is of interest to examine
the effect of staging velocity on key ascent trajectory parameters. Two parameters
of particular interest are staging q and Booster downrange impact distance. A high
staging q may impose high post-separation structural loads (a * g) on the Orbiter.
Downrange impact distancé.affects range safety planning and recovery operations.
Staging 'q and Booster downrange impact distance are plotted in Figure 6.2-6 for
staging velocities varying from approximately 3,000 to 6,000 fps. Thrust or tra-
jectory shaping can provide a substantial reduction in staging q if desired, but

will be accompanied by a performance penalty.
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6.2.5 Payload 0ff-Load - The effect of launch without payload on ascent tra-

jectory characteristics and subsequent systems impact has been examined by simula-
ting a nominal 65K easterly launch trajectory with a zero payload trajectory.

Results are compared in Figure 6.2-7.

It is desirable fo avoid propellant off-loading, minimize impact on staging
enviromment, and maintain nominal tank residuals at Orbiter burnout. The tech-
nique selected to satisfy these objectives was to throttle the Orbiter engines
after staging to a level which ensures that all of the propellant loading is con-
sumed. In the simulation, Orbiter engines.were throttled to 2/3 nominal thrust
level, causing burn time to increase approximately 190 seconds. Ihis additional
burn time must be examined in light of engine requirements, life time, etc. Addi-

tionally, extended operation at a 677 throttle position requires further evaluation.

Although the Series Burn Pressure Fed Concept was evaluated, the results are .

applicable for a Paraliel Burn Configuration. Staging conditions and Booster

impact range are not chaﬁged siénificantly.
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FIGURE 6.2-6
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6.3 Ascent Control

Response analyses of the ascent control systems have been performed for the
parallel burn configuration with two 156" SRM's and for two series burn configura-
tions; the pressure fed Booster and the F-1 pump fed Booster. Sketches of the
three configurations analyzed are bresenied in Figures 6.3-1 through 6,3-3,

Control of the parallel burn system is derived from Orbiter thrust vector
control (TVC), augmented by Orbiter aero surface control during the high dynamic
pressure flight regime. This control aﬁthority was found to be adequate without
resorting to the additional cost of TVC in the twin SRM Booster elements. Mated
series burn control authority is providéd by Booster TVC and Orbiter aero surfaces.

6.3.1 Configuration Characteristics — The pitch plane and yaw plane aero moment

gradient required to control moment gradient ratios are presented in Figures 6.3-4
and 6.3-5. The parallel burn configuration is aerodynamically stable in pitch and
yaw throughout burn. Both series burn configurations are aero dynamically unstable
in pitch. The pump fed Booster configuration is also unstable in yaw while the

pressure fed Boos ter configuration is essentially neutrally stable in yaw.

The roll control characteristics of the three configurations are compared in

Figure 6.3-6. The roll control problem is more severe with the parallel burn
f% configuration because the Orbiter TVC roll moment capability is less than that

% available from series burn Booster TVC.

The gimbal patterns for the series burn configurations are shown in Figures
6.3-2 and 6.3-3. In both cases the corner of the pattern (i.e., the point of
maximum engine deflection) is located to give a thrust vector deflection perpendi-
cular to a radius from the vehicle centerline., This maximizes the roll moment

capability available for a given actuator deflection capability.

6.3.2 Control System Description - For the parallel burn configuration, ascent

control is obtained by gimbaling the three Orbiter main propulsion system engines
to provide pitch, yaw and roll control moments. In the high dynamic pressure

region, roll control moments are also provided by the Orbiter rudder and aileron.

Two modes of roll control havé been investigated: roll attitude control
throughout the mission (within the control moment capability of the vehicle) and
free roll (i.e., no roll attitude control in the high dynamic pressure region).

the case for the roll attitude control mode, a 200 sq ft ventral fin located at the

aft end of the HO tank was required to obtain satisfactory system response character- . ‘

istics.
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For the first 30 seconds and again from about 80 seconds after liftoff until
Booster burnout;roll control is obtained by differential deflection of the bottom

two engines in pitch and the top and bottom engines in yaw., Between 30 and 80

| ASCENT CONTROL CONFIGURATIONS
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FIGURE 6.3-4

, C : PITCH AERD TO CONTROL MOMENT GRADIENT RATIO

"FIGURE 6.3-5

YAW AERO TO CONTROL MOMENT GRADIENT RATIO

0.8¢ — SERIES BURN F-1 0.8;

PARALLEL BURN SOLIDS

0.4] ' — SERIES BURN PF 0.4+

SERIES BURN PF

] o «© 0 {

: £

i Q

1 :'0 3 = 4

- : SERIES BURN F-1
P04 0.4

i PARALLEL BURN

I SOLIDS

|

Lo 08 -0.8}

i

: b ' ,

! o ' ) ' . t | ' )
: .0 40 80 120. e 40 80 120

TIME (SEC) TINE (SEC)

PR

it

e

g

FIGURE 6.3-6

ROLL MOMENT COEFFICIENT COMPARISOM
PARALLEL BURN VERSUS SERIES BURN

0.8¢1 Lg - ROLL DUE TO SIDESLIP
Lgy - ROLL DUE TO VAW T¥C

0.4
/ SERIES F-1 - Ly

It
s
S
_'.l .
e 0 T © 120 160
> 4 TIME (SEC)
= -0.44 :
o} PARALLEL SOLIDS - L
2 | oY
e PARALLEL SOLIDS - Lo
1= ]
8 -0.8¢ SERIES PF -L
= SERIES F-1 F-1 L
g T. 8
-1.2 '
-1.6

A, 6-14




MDC EO558

PART Il- VOLUME | 15 MARCH 1972

‘ seconds after J.iftoff roll control is maintained with the Orbiter rudder and aileron,

within the hinge moment capabilities imposed by reentry control requirements.

The free roll cbnfiguration is identical to that described above except that
roll attitude error is not used on the rudder or aileron. However, both the
rudder and aileron are required for roll rate control in the high dynamic pressure
region. It should be noted that use of a roll attitude error limit would be a
more practical method of obtaining free roll (as compared to zero gains). Use of
the limit would result in free roll for severe winds (i.e., large roll disturbances
- would saturate the attitude loop) while roll attitude control could be maintained

for less severe winds.

Both series burn configurations use Booster TVC as the prime source of ascent
control. It was found that the actuator deflection requirement could be reduced
significantly by supplementing roll control with the Orbiter aileron and rudder.
Because of this both Orbiter aero control surfaces were used for roll control during
ascent. The freg roll mode is also a feasible solution to any roll control problems |
associated with the series burn configurations but has not been investigated except

‘ for the parallel burn, as discussed above.

The baseline ascent control scheme for pitch and yaw is drift minimum control.
This control law can be achieved with attitude~only feedback for the parallel burn
configuration because of the stable airframe. In the case of the two series.burn
configurations either an angle of attack (or sideslip) or a normal acceleration
feedback signal is required to achieve drift minimum control. It shoﬁld be noted
that the drift ﬁinimum cohtrél law was subsequently modified depending on the
requireﬁents of the individual configuration. For example, load relief control
in yaw was required to reduce the roll control requirements for both series burn

configurations.

6.3.3 Control Moment Requirements

6.3.3.1 Parallel Burn Configuration — Thrust unbalance between the SRM's and

unequal thrust tailoff characteristics dictate a requirement for a yaw cant angle
on the SRM thrust vectors. The trade off between Orbiter gimbal angle required to

trim in the presence of thrust unbalance and Booster Igp loss is shown in Figure

6.3-7, as a function of SRM yaw cant angle. [
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The Orbiter pigéh_and yaw #ctuatof deflections required to trim in the
presence of SRM misalignment, thrust eccentricity, unbalance, etc.,‘aré summarized
in Figure 6.3~8. The data presented includes the roll cémponent and the roll due
to yaw gimbal angle. The most severe requirement is that fpr pitch actuator

deflection of the bottom éngine.

The total pitch gimbal angle requirement as a function of burn time is
presented in Figure 6.3-9. The requirement includes the no wind trim for zero net
lift, the of f~nominal thrust and CG effects (from Figure 6,3-8), and the wind

requirement. An allowance of one degree for attitude maneuvering is also»included

at lift-off and Booster burnout. [

A  T"is saturation s mot severe,

however, and will not impact trajectory dispersions significantly. -

1||

Note that since the ventral fin is located at the aft end

of the HO tank, it increases yaw plang stability as the roll moment is decreased.

As can be seen in the figure the control requirement is greatgr than the

control capabilicy. [
N  Urcer this condition concrol

system saturation will occur but, as was the case in pitch, the resulting trajectory

dispersions do not degrade performance signifiéantly.

6.3.3.2 Series Burn Pressuré—Fed Configuration ~ Since the Booster thrust

vector is gimbaled, the misalignments, unbalances, etc., are not as critical and
have been considered as part of the actuator deflection margin requirement (30

percent on top of the wind gust requirement)..
. / ) )
The pitch gimbal angle requirement due to head and tail winds is shown in

Figure 6.3-11 for a series of wind gust altitudes. Pitch TVC gimbal angle require-
ments due to winds are within +3.75 degrees. TVC trim angle for. a nominal no wind
zero lift trajectoryvis also shown. A Booster precant angle is not used to reduce

the trim angle since it produces no significant decrease in the TVC gimbal angle
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ACTUATOR DEFLECTIONS (DEG)

PITCH TVC ANGLE (DEG)

envelope.

The pitch control requirement is- presented in terms of gimbal angle which
represents an average thrust vector deflection in the pitch plane. The actuator
pattern (see Figure 6,3-2) is such that the pitch requirement will be distributed
among all the actuators and, in terms of actuator deflection, will be slightly

less (by cosine of 15 deg) than the gimbal angle requirement.

Since the configuration is only>slightly unstable in the pitch plane, the
control requirement can be maintained within a 6 degree actuator capability without
adding fins. Also this requirement can be maintained with a drift minimum control

law,

The yaw/rdll control requirement in terms of the worst actuator (i.e., maximum
deflection) is presented in Figure 6.3-12 for a series of side wind gust ihpﬁts.
The actuator deflection requirement is based on control frequencies of 0.15 and
0.3 cps in.yaw and roll respectively and a 40 percent load relief scheme (i.e.,
sideslip feedback gain increased 40 percent above drift minimum). Use of the
Orbiter aerodynémic control surfécés reduces the Booster TVC actuator deflection

requirements approximately 1.2 degrees,

The use of a 40 percent load relief control scheme reduces the actuator
deflection requiréments from 8 to 5.4 degrees but imposes a penalty of 70 feet per
second on the Flight Performance Reserve (FPR). Additional reduction in actuator
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deflection requirements is also possible, as shown in Figure 6.3-12. For example, "
60 percent load relief reduces the maximum roll/yaw actuator deflection to 4.5

degrees but results in an additional 70 feet per second FPR penalty.
/ S

These results indicate that an actuator deflection requirement of +6.0 degrees

can be achiéved at only a nominal. FPR penalty.

6.3.3.3 Series Burn F-1 Configuration - Actuator deflection requirements were

determined for the F-1 configuration based on the vehicle response at the worst gust

altitudes (30,000 and 35,000 feet). Since the F-1 engine is presently capable of a

gimbal angle of only +6 degrees analyses were directed at defining a control scheme

or aerodynamic modifications that would achieve this requirement.

The TVC actuator deflection requireménts in a 95 percent wind speed profile ‘

environment were determined, using a closed loop control. frequency of 0.15 cps and

a damping ratio of 0.3, With drift minimum gains, the maximum pitch actuator
deflection requirement was reduced to 5.0 degrees by increasing the angle of attack
feedback by 20 percent while maintaining the closed loop control frequency at 0.15
cps. This is the maximum load relief possible without intréducing positive feedback
in the attitude loop. When the 30% margin for misalignments, unbaiances, etc, is
included, the overall gimbal angle requirement exceeds 6.0 degrees. Flight‘perfor—

mance reserve penalties associated with the 20 percent increase are negligible.

Thévuse of fins

to move the AC ten feet aft results in an actuator deflection requirement of 4.5
degrees. Even with the addition of misalignment, cg offsets, and the other error
sources the actuator deflection requirement should remain within the +6.0 degrees

capability of the F-1 engine when fins are incorporated.

The TVC actuator deflection requirements are the most severe in yaw/roll
primarily due to the high aerodynamic moment required to control moment gradient ‘
ratio in the .roll axis; Both differential gimbaling of thé Booster engine and the
Orbiter control surfaces were used for roll control. The yaw/roll actuator
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' . deflections are based on the current engine location and-actuator geometry, which
allows maximum engine travel perpendicular to the vehicle radius to result in

maximum roll control moment capability.

The sensitivities of TVC gimbal requirement to the closed l::p frequency of
the yaw control system are shown in Figure 6,3-13 for drift minimum gains. The
closed loop roll control frequency was held constant at 0.3 cps. The figure shows
high sensitivity to yaw frequencies below 0.15 cps. A minimum control freqﬁency
of 0.2 cps will probably be required to maintain loading and actuator deflection
requirements to reasonable values. Note, however, that the higher control
frequency may introduce higher frequeqcy stabilityAproblems. Stability problems
associatéd with yaw/roll coupling are also increased as the natural frequencies

of the two axes come closer together.
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The significant reduction in aerodynamic loads and associated TVC actuator '
deflection that results from increasing the angle of sideslip feedback by 20

percent is also shown in Figure 6.3-13,

Figure 6.3~14 shows the sensitivity of directional AC shift (aft) and roll
moment coefficient to TVC actuator deflection requirements. Signficant reduction
in the roll moment coefficient is required to reduce the actuator deflection re-

quirement to within the 6 degree engine capability.

The:present F-1 configuration results in high TVC actuator deflection require
ments on the order of 7.5 to ‘8.0 degtees.v Reduction of the requirement to within
the 6 degree capability of the F-1 engine will require changes in the vehicle aero-
dynamié characteristics through the use of fins or other devices. Although elimina-
tion of roll attitude control (free roll) is considered a feasible method of
reducing the gimbal angle requirement, in this case fins are still required for the

pitch axis, and the free roll approach is not recommended.

6.3.4 Dynamic Response to Winds - Detailed dynamic response results have

been obtained for the parallel burn solids and the series burn pressure-fed. As

mentioned previously, series burn F-1 configuration was not evaluated for all wind
gust altitudes (the F-1 analysis concentrated on gimbal angle requirement with gusts
of 30,000 and 35,000 feet),

6.3.4.1 Parallel Burn Configuration - The peak aq product profile is presented

in Figure 6,.,3-15 as a function of Mach number for wind gust altitude of from 10,000
to 50,000 feet, Data is also presented for several misalignment and engine out
conditions for both the 10,000 feet and the 30,000 feet gust altitude. Nominally
the maximum aq reéches a value of about 7400 deg—lb/ftz. Under the most severe
off-nominat conditions the aq reaches a value of 8500 deg—lb/ftz. Passive load
relief control (i.e., no angle of attack or acceleration feedback) was investigated
and it was found that approximately a 20 percent reduction in dq could be achieved.
In order to achieve a more significant reduction, active load relief will be
required. Tﬁis technique will be investigated if the high aq imposes significant
structural weight‘penalties. This is not expected since recent wind tunnel tests
indicate that the Orbiter 1lift is reduced 50 percent due to the interference

effects. of the Booster.

The peak 8q profile in response to side wind gust altitudes of 10,000 feet ‘
through 40,000 feet is presented in Figure 6.3-16, The data is given for a
A.6-22
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condition with roll attitude control and with a [JJjj - B .- vas the .

case for pitch, the Bq profile shown. is based on drift minimum yaw attitude gains.

Both passive and active load relief were investigated in order to reduce the
maximum Bq. Passive load relief did not result in a significant reduction in Bq.
A Bq reduction to 3000 deg-lb/ft2 was achieved using active angle-of-sideslip
feedback. Further loads analyses are required to better define the impact of the
high Bq associated with the drift minimum control scheme before the need for active

load relief can be established.

Roll system response under conditions of free roll showed a significant
reduction in Orbiter aero surface requirements and eliminated the need for the
200 ft? ventral fin. Actual load relief in yaw due to the vehicle rolling to a
headwind condition cannot be guaranteed because of misalignments which may counter-

act roll due to winds.

6.3.4.2 Series Burn Configurations - The maximum aq profile for the series

burn pressure fed configuration is presented in Figure 6.3-17 for a series of

headwind and tailwind gust altitudes. The data is presented for drift minimum

control gains and shows a maximum of 5500 deg—lb/ftz. It is felt that significant

reduction in aq can be achieved using load relief control if structural loads
analyses shows a weight penalty associated with drift minimum control. [N

The peak Bq profile is presented in Figure 7,3-18 for the series pressure

fed configuration. |G

6.3.5 Conclusion — A summary comparison of the parallel burn configuration

versus the series burn configuration is presented in Figure 6.3-19 and a detailed

comparison of the significant control parameters is presented in Figure 6.3-20.

The most significant conclusion is that the control authority associated with
the parallel burn configuration, though adequate, is limited compared to that for
series burn. (It should be noted that the use of Booster TVC would eliminate this
shortcoming, but at a significant increase in program cost.) The impact of the

limited control authority is most significant near liftoff and imposes severe ‘
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tolerances on SRM misalignment, SRM thrust unbalance and vehicle CG offset. Since
the parallel burn configuration is aerodynamically stable, loss of control authority
in the high dynamic pressure region is not significant and results only in small

FPR penalties.,

' 6.4 Separation ' ' ‘

At Booster propellant depletion separation of the two SRM Boosters (or one
liquid series Booster) is performed. In parallel burn concept, the SRM's are
separated when their thrust has dropped to the point where the Booster will fall
behind the Orbiter and not recontact it. For the series burn Booster concept the

staging sequence includes Orbiter engine startup and Booster engine shutdown.

6.4.1 Parallel Burn Configuration - The parallel burn SRM Boosters are

separated with an aft hinge mechanism which permits each Booster to rotate out
from under the Orbiter wings following pyrotechnic release of the forward attach

point.

The sequence of events for nominal separation of the parallel burn Booster
concept is shown in Figure 6.4-1. Booster tail-off is sensed by total vehicle
acceleration level, and the signal is given to release the forward attachment
points. When the Boosters have rotated outward fourty degrees, as measured at the
aft hinge they are released. The Boosters then continue their swing out from

under the wings.

o

The relative displacement history of the separation maneuver is shown in

Figure 6.4-2. The Boosters are shown to clear the wing at about .6 seconds after

A.6-26



MDC E0558

.PART lI1- VOLUME |

FIGURE 6.4-1
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release. The aerodynamic interference effects are such that the Booster is stable .
in yaw; when released its yaw angle tends to reduce with respect to the tank

centerline. This yaw stability is shown to enhance Booster-wing clearance.

6.4.2 Series Burn Configuration - The nominal separation of a series burn

Booster includes separation of two launch vehicle components: first, the Booster
and secondly the interstage. Pyrotechnic separation devices are employed at both

the Booster/interstage and interstage/tank interfaces.

The sequence of events for nominal separation is shown in Figure 6.4-3. [}
B o insure separation clearance between the Booster and the Orbiter
tail, the Orbiter engines are gimballed so that the thrust vector points through
the Orbiter plus tank center of percussion with respect to the Orbiter tail. The

Orbiter plus tank then "pitches'" away from the nose of the Booster for clean

separation. To minimize Booster rates at separation the Booster engines are nulled

FIGURE 6.4-3
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at cutoff. The Booster/tank interstage separation signal is given when the Orbiter

plus tank acceleration exceeds the combined vehicle acceleration.

The relative displacement history of the separation maneﬁver is shown in
Figure 6.4~4. Aerodynamic, control system and Orbiter plume impingement character-
istics were included in the separation analysis. The time history shows that the
Orbiter plus tank pitches down to -15 degrees angle of attack after three seconds.
At this time however, the negative pitch rate has been arrested and the Orbiter
plus tank can be pitched up to the desired angle of attack. The Booster pitch
rate after 3 seconds is only -0.2 deg/sec and it is near its zero angle of attack

trim point so that it can be captured on entry.

FIGURE 6.4-4
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‘ 7.0 Abort Analysis

Abort analyses have concentrated on intact recovery of the Orbiter following
an abort during the ascent mission phase. The abort forcing event was assumed to be
failure of the Booster or Orbiter main engine, However, aborts for other causes
requiring immediate separation during the mated portion of the ascent phase were
also considered. Methods for eliminating abort gaps have been determined.

The technique to be used depends on conditions at the time of abort as shown
in Figure 7-1. These techniques are as follows:

Mode O - A solid propellant abort rocket accelerates the Orbiter away from the

HO tank and Booster; the Orbiter glides to a landing strip.

Mode 1 - The Orbiter separates frﬁm the HO tank and the Booster and glides to the
landing strip.

Mode 2 - The Orbiter and HO tank 'separate from the Booster and maﬁeuver toward
the 1aﬁnch site; the HO tank is jettisoned and the Orbiter glides to
landing. |

Mode 3 - Following a main engine failure after normal staging, the Orbiter uses

. _ the OMS system to supplement the remaining main engines and injects
into a once-around trajectory, returning to the launch site.

Mode 4 - Following a main engine failure after normal staging, the Orbiter
Anjects into a 50 x 100 NM orbit with enough OMS capability remaining
to perform some mission functions before deorbit. (DEGRADED MISSION)

Mode 5 - (PARALLEL BURN ONLY) - Following the failure of an Orbiter main engine
during mated ascent, the Booster is maneuvered to a point where the

Orbiter can separate and perform a Mode 1 or 2 abort.

In each mode it is necessary to ensure that separation will océur, that the
Orbiter can be flown to a satisfaétory landing site, and that it will be in a suitable
landing condition. Although the solid rocket system for Mode O and the separation
system used for separation at‘high dynamic pressure in Mode 1 were not incorporated in
the Orbiter baseline nor reflected in the Orbiter weights presenfed in Section 6,

the characteristics of these systems are presented in the following section.
7.1 Abort Modes

The design and operational requirements for an abort capability are imposed
. primarily by the on-pad and ascent mission phases. An abort from orbit will involve

near nominal maneuvers and performance. The abort modes and regions of application
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FIGURE 7-1 .
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for the Parallel and Series Burn System are .similar due to the similarity of the

nominal ascent trajectories and acceleration time histories.
7.1.1 Mode O

If an emergency arises while the vehicle is on the pad, the crew and passengers
will nominally leave the Orbiter, move across the tower swing arm, and descend to
a sheltered area via the existing high speed elevator or down slide wires or dive

tubes. A lead time of 2 to 3 minutes is required, however.

If the emergency condition will not permit this lead time, an Orbiter with an
abort rocket,. as shown in Figure 7-2, can separate from the tank and Booster and
fly away from the pad. Following rocket burnout and the coast ‘to apogee, the
Orbiter glides back to an emergency landing strip located about lmile inland
from the pad. The abort rocket is sized to provide the Orbiter (configured for
the easterly mission - 65 K payload) an initial T/w of approximately 3 g's and
a total impulse of near 6 million lb-sec. Such a rocket will not ‘provide the .

capability of escaping an'unanticipated Booster and HO tank explosion, but will
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provide a relatively fast (several second . lead time) intact abort mode for other

potential catastrophic failures.

The  abort rocket can provide intact abort capability across the initial 35 to 40
seconds of mated vehicle flight, thereby eliminating the 'fall back' gap which would
otherwise exist. Typical trajectories for the "Mode O'" abort at lift-off, 20 seconds

and 40 seconds are shown in Figure 7-3.

The abort rocket is burned in the nominal mission when it is no longer needed
for the Mode O abort, i.e. after Mode 1 becomes ﬁossible. The spent rocket casing
is jettisoned shortly after burnout for the Parallel Burn Systems and at staging
for the Series Burn System. It is impractical to jettison the casing prior to staging
for the Series Burn System because the configuration will not permit acceptable
clearance. '

7.1.2 Mode 1

-

At approximately 40 seconds into the flight, the mated system achieves a
‘ velocity and altitude which permits the Orbiter to glide back (unpowered) to the

launch site following separation from the HO tank and Booster. This abort mode,
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referred to as Mode 1, .exists approximately the same period for both. the Series and
_Parallel Burn systems, It involves separation at high dynamic pressure, and the
incorporation of this capability will impose structural penalties on both the separa-
tion mechanism and the supporting structure. A typical trajectory for a Mode 1

abort at 70 seconds (max q) is shown for a Parallel Burn System in Figure 7-4.
7.1.3 Mode 2

-The initial part of the Mode 2 abort region extends from the point in the
nominal ascent trajectory (approx. 100 seconds) where the range and velocity of the
mated vehicle are too great to permit an unpowered Mode 1 abort through nominal
Booster staging; In the event of a Booster fajilure, the abort mode is to start the
Orbiter main ehgines'(series case only), separate the Orbiter plus HO tank from
the Booster, and perform a powered maneuver to negate the horizonﬁal velocity and
propel the Orbiter back toward the launch site. It is assumed that the Orbiter
main engines (series caée) can be sfarted before the thrust of the Booster main .

engine falls bélow the 2.5 g's necessary to provide adequate inlet pressures. When
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the po{nt is réachéd where a normal ﬁnpdwered glide back to the launch site can

be accomplished, the Orbiter separates from the HO tank and makes a normal approach
and landiﬁg. The initial separation of the Booster from the Orbiter plus tank

can occur at relatively high dynamic pressure, but the environment\is not as severe

as is experienced in a Mode 1 separation and abort. However, the Booster thrust

must be terminated to enable the separation.

A typical trajectory for a Parallel Burn System aborting at the start .of the
Mode ‘2 region is shown in Figure 7-5. It should be noted from the figure that the

thrust termination and tank jettison point is only 35-40 miles from the launch

-site. The maneuver would be performed so as to jettison the tank at an altitude,

velocity and range which will permit an entry and impact at a safe distance. from the

.-site. For an abort at this point, the tank will likely be partially filled when it
. is jettisoned and will break up.under the buildup of entry and impact loads.
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FIGURE 7-5

The second part of the Mode 2 region extends from staging to the point in the
normal ascent trajectory where all the main propellant in the HO tank is required
to perform the retrograde and flyback maneuver. For a lift-off T/W of 1.4 and a
staging velocity of 4000 fps, the Mode 2 region extends 120-135 seconds beyond
staging. (This assumes that the abort forcing failure is an Orbiter Main engine
out. The region would be larger if all Orbiter main engines were available.) A
typical trajectory{for a Parallel Burn System aborting approximately 100 seconds

after sta inﬁ is shown in Figure 7-6.
7.1.% ode 3

The Mode 3 region begins at the point in the Orbiter ascent phase where the
Orbitef with a main engine out can inject into a once—around'trajectory, returning
to the launch site. This point depends on trajectory conditions, Orbiter T/W, main
engine EPL, OMS thrust level, -and OMS propellant available to supplement.the main
engine burn. The orbiters for both the Series and Parallei Burn systems employ
three 470,000 1b thrust HiPc engines, which provide a T/W of .93 at staging. The
engines have ﬁp to 109% EPL, depending on the mixture ratio swing that is required.
The Orbiter OMS provides 15,000 1b of thrust and 900 fps of AV (easterly mission)

for use in the abort maneuver. A.7-6
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- Current analysis indicates the Mode 3 capability for these systems coincides
with the upper limit of the Mode 2 regions. However, 1097 EPL and all the OMS
propellant is required, which means that the butting of thése'two regions is
marginal. For the polar mission, only 650 fps of OMS AV is available for abort but
this is somewhat offset by the higher T/W of the Orbiter. For either mission,
however, there is a very'high probability that a significant quantity of F?R
propellant would be available for use‘in the abort, extending the Mode 3 region
closer to nominal staging. With these considerations the initial point of the Mode
3 region is shown to coincide with upper limit of the Mode 2 region. ‘If the
number of Orbiter engines were increased from 3 to 4, or the T/W increased, the

Mode 3vregion would overlap the Mode 2 region.
7.1.5 Mode 4 (Degraded Mission)

When the Orbiter reaches the point in its ascent trajectory where with an
~ engine out it can inject into 50 x 100 NM orbit with enough OMS propellant
remaining to circularize at 100 NM and deorbit (350 fps for both maneuvers), the
‘ vehicle can abort to orbit or fly a 'degraded mission". 1In this case}, some of
~ the mission objectives may be accomplished prior to the deorbit maneuver and

nominal entry. 7-7
A. /-
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7.1.6 ‘Mode 5 (Parallel Burn System Only) ‘

If an Orbiter main engine fails in the Parallel Burn System during mated
ascent, several options are available to the Orbiter. The remaining Orbiter engines
and the Booster engine could be shut down and a Mode O or 1 abort mode could be
flown. However, the preferred option wduld likely be to continue thé mated ascent
phase.targeting to a Booster burnout condition that would permit a near nominal
separation and a Mode 1 or 2 abort mode. The latter approach (continue to Booster

burnout) is referred to as Mode 5.

7.2 -Abort Separation

Separation of Space Shuttle vehicle components is essential to intact recovery
of the Orbiter following an abort. For Mode O abort, a solid rocket is employed to
provide the energy required for separation and return. Separation must be
performed at the Orbiter-tank interface. From about 40 seconds -into the launch
trajectory, when enough energy has been acquired for a glide return, until the
unpowered Orbiter has too much energy to turn and glide back, separation will also

be performed at the Orbiter tank interface (Mode 1). Abort at a later point in ‘

the launch trajectory, prior to nominal staging,requires two separations; first

the Booster from the Orbiter plus tank, and then jettison of the tank, following the
powered retrograde and flyback maneuver, enabling the Orbiter to glide back to the
launch site (Mode 2). Following nominal staging, the separation of the tank from

the Orbiter for>Modesl3 and 4 is near nominal.

The critical events of separation modes for abort for the Parallel and Series
Burn Systems are shown in Figures 7-7 and 7-8, respectively. For off-the-pad
abort (Mode 0) the separation mechanism is fired in conjunction with the abort
rocket. For Modes 0, 1, and 2 a forward piston and an aft hinge rotate the Orbiter
nose away from the tank plus Booster. The mechanism is sizéd to.pfovide satisfactory
separation characteristics under the high dynamic pressﬁre of Mode 1 abort. In
Mode 2, tank separation is performed after the vehicle hés turned back toward the
launch site and has acquired sufficient energy to return. For Modes 3 and 4 and
nominal post-injection separation, a dual piston mechanism provides the separation
impulses at the Orbiter tank interface. The dual pistons are sized for nominal
separation to provide a tank velocity of 1.5 ft/sec on-orbit. The two act to
balance the moments about the tank c.g. so that no tank rotation is induced by ‘

separation. At the tank-Booster interfaces, the separation mechanism is an aft

A-7-8
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SEPARATION MODES FOR ABORT
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hinge for the parallel burn SRM's and an interstage for series burn. These mechanisQ‘

provide satisfactory separation for Mode 2 abort (prior to staging) and nominal

staging. The mechanisms are sized by the Mode 2 abort dynamic pressures.

For abort Modes_O and 1, the parallel burn concept requires Orbiter engine
shut down. Mode 2 abort, however, requires starting the Orbiter engines for the
series burn case. Booster thrust termination is required for Mode 2 abort
prior to staging and although not required for separation in Mode O or 1 abort, is

performed for safety.

7.3 System Impact

The intact abort gaps typical of either the Series or Parallel Burn Systenm,
before any abort penalties to the system are imposed, are shown in the first bar
of Figure 7-9. These gaps can be eliminated by incorporating the pad abort
system (solid roéket) énd a separation system which will enable Orbiter separation
at high dynamic pressure. The weight and cost penalties associated with the

incorporation of these abort capabilities are shown.iﬁlFigure 7-10.

The program cost increase shown includes ground testing only. If the critical .

. abort modes identified by the triangles in Figure 7-9.are flight demonstrated, the
basic cost of approximately $250 M could increase to approximately $600 M, depending
on the degree of demonstration required, as shown in Figure 7-11. 1If the vertical
flight test program is manned, no abort flight demonstration is recommended. If
unmanned flights are anticipated, it is recommended that only the abort demonstration
that can be attained at minimum cost as-an integrated pért of the vertical flight

testing be performed.

A.7-10
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‘ 8.0 Operations

Ground Operations for the Space Shuttle include post-landing activities,
maintenance and refurbishment of Orbiters and Boosters, and the prelaunch
activities: erection, mating and servicing. Real time support of flight operations
is also provided from lift-off to landing. This includes communications, tracking,

contingency mission planning, and technical consultation,

8.1 Ground Operations

Ground Operations activities are based on the concept of prepad integration
and the use of existing facilities and systems. ‘
Figure 8.1-1 presents the configuration and orientation of the Parallel Burn
Twin SRM Shuttle on an existing (modified) mobile launcher. The physical integration
takes place in the high bay area of the Vehicle Assembly Building (V.A.B.) at
K.5.C., Prior to mating, the Orbiter progresses through postlanding, maintenance,
and horizontal prelaunch activities in adjacent areas. The segmented solid (2-156")
Boosters, after completing inspection and off-loading activities, are prepared
for buildup on a mobile launcher unit, described below. After erection of the
52 twin Boosters and subsystem checkout, the external hydrogen/oxygen tank is erected
‘ and connected to the Booster structural interfaces, Then the Orbiter, having
completed ground turnaround activities (including cargo installation) is being
into the high bay area for erection and mating. Figure 8,1-2 presents a timeline
of Booster and Orbiter activities during a typical turnaround cycle for expendable
SRM's.,
The mobile launcher is a key facility integration unit. Three units will be
available and will be used for Orbiter/tank vibration testing during early
program operations. One unit will be modified for flight readiness firings (FRF) of
the Orbiter (including HO tanks) and will remain in this configuration until
compleﬁion of the fifth Orbiter. One other unit will require modification for
Booster FRF if a liquid propellant system is selected.
Basically each mobile launcher will be modified by 1) fevaing existing
equipment lines, swing arms etc., 2) reducing the height 6f the umbilical tower
by 80 feet, 3) removing the structural hardpoints on the launcher deck, and 4)
reconfiguring the engine chamber area.
4 Modifications are also required at both the V.A.B. facility and the pad(s).
Typical examples include modifications to vertical doors, extendable platforms,

g interface services, and the propellant storage, emergency egress, and blast

A.8-1
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‘ protection areas. The existing Mobile Service Structure will be modified for
vertical "on pad" cargo module replacement. ‘As an alternate, consideration is
being given to the design and construction of a simplified ﬁobile tower.

The Series Burn Liquid Booster configuration-presented in Figure.8.l—3 follows the
same prepad integration concept as the twin configuration. The integration process
begins in the V.,A.B, high bay area with Booster erection on the mobile launcher
unit. The external hydrogen/oxygen tank is then erected and mated to the Booster,
and the Orbiter is erected and mated to the tank.

This configuration requires a swing arm for umbilical interface connections
to the main engine section of the Orbiter. A dampener arm will be provided from the
mobile launcher umbilical tower to provide additional structural support during
transfer and on pad operations. A rotating fixture for payload changeout will
also be provided on the umbilical tower to allow removal and replacement of a
complete cargo module,

The Orbiter is offset from the umbilical tower to provide clearance for launch
and also for crew ejection.

FigureA8.1—4 presents the timeline estimate for a complete turnaround cycle.

"' The nominal estimate for post water recovery operation is 2 1/2 days. However,
due to the relative simplicity of this vehicle compared with the fully reusable
system, the total turnaround time (less than 14 days) is npt‘increased.

8.2 Flight Operations Support

The baseline support system shown in Figure 8.2-1 is essentially the same as
was defined for the Phase B Shuttle., Figure 8.2-2 shows the proposed flight support
system, During the first two years, communications and navigation support are
provided by the Manned Space Flight Network (MSFN) (or its 1978 equivalent), together
with whatever network (landlines or wideband) is available for communications
between the remote sites and the operations center.

A Tracking and Data Réelay Satellite System (TDRSS) (including satellites,
ground station and grouﬁd network) is assumed to be operational by the third year
and will provide all communications and navigation support. Even if a TDRSS is not
available, MSFN support requirements for Shuttle are halved ("Limited" MSFN config-
uration), as soon as onboard autonomous navigation capability is verified., Console
support in the Ground Mission Operétions Center (GMOC), which is initially high for

flight test and early operations flights, is also reduced for the remainder of the

) e operations,
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8.2.1 Ground Mission -Operations Center ’ v .

GMOC functions as shown in Figure 8,2-3 are to coordinate and control
communications, to interface with all outside supporting agencies, and to provide
consultation as requested by the flight crew.

FIGURE 8.2-3
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The GMOC will provide flight support consistent with an overall program concept of
autonomous space Shuttle operations, minimal ground support and turnaround time, and
the lowest practical operating costs.

8.2.2 Manned Space Flight Network

It is expected that by 1978, the current MSFN and Space Tracking and Data
Acquisition Network (STADAN) will be combined into a single unified network. This
network will probably consist of about 15 remote sites. The communications circuits
could either be a low data rate system similar to that in use today, or a wide band
direct return system. The low data rate system would tie into a central data
processing and switching center and thence to the GMOC. The wide band system could

tie remote sites directly to the GMOC.

8.2.3 Tracking and Data Relay Satellite System - The baseline support system .

A.g-6
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concept assumes the use of a TDRSS. When this concept becomes operational, it will
be used for all communications and navigation support. The elements of this
system include£ |

o TDRSS Satellites

o TDRSS Operational Control Center

o TDRSS Ground Stations

o TDRSS Network Control Facilities

o Ground Data Handling System
Since the intent of a TDRSS is to Support many users, both manned and unmanned,
a high degree of standardization will be required.- This will impact the T/M
formats, data handling techniques, and command formats and procedures used for the
Orbiter, as well as the scheduling of TDRSS capabilities (e.g. high gain antennas),
orbit determination procedures, etc. These are things that can only be resolved
once the TDRSS is defined.

8.2.4 Landing Support

Ground support required by the Orbiter during aerocruise or landing will be
provided_by existing Federal Aeronautics Authority (FAA) or military aircraft cruise
or. landing aids. The baseline Orbiter uses TACAN for post-entry or aerocruise
navigation updates, UHF radio for voice. communications, and an Instrument Landing

‘System~(ILS) for final landing approach navigation and guidance data.

‘8.2.5 Mission Control Functions

During 4 Shuttle Mission, the functions required to insure crew/vehicle
safety and mission success are divided between ground, and onboard systems and

personnel as shown in Figure 8.2-4.
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assion oo ~ FIGURE 8.2-4
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9.0 Recommended System

The Shuttle Phase B Study Extensions were concluded with the following
recommendations:
| A. Abort: \

o Incorporate pad abort and high-q separation capability in baseline.

o Conduct comprehensive ground testing of abort systems. In addition,
if unmanned flight testing is incorporated as part of the develop—
ment program, then include a limited abort demonstration as part of the
vertical flight test program. .

B. Orbiter Thrust Level: A
o Retain three engines at 470,000 1b vacuum thrust
C. Payload Size and Weight:
o Retain 15 x 60 ft and 65,000 1b east payload .
D. Booster System Selection:
0 Recommend Twin 156" SRM with thrust termination and water recovery
. _ as first choice, because of its lowest RDT&E cost and lowest technical
. ) risk.
o] Récommend F~1 Pump Fed System as second choice.
Figure 9-~1 summarizes the weights and costs of the three main candidate
v sysfems with the recommended ad&itional capabilities incorporated. Of these systems
the Parallel Burn Twin 156" system is recommended as the initial baseline for the
Space Shuttle Program.

9.1 Recommended System Description

The recommended Shuttle system is illustrated in Figure 9-2. It consists of
two 156" solid rocket motors (SRM's) side-mounted on the Orbiter HO tank. Thrust
of each SRM is 2,776 K 1b. ' These in combination with the three Orbiter engines
generate a lift-off thrust-to-weight (T/W)l'of 1.405.

- Each SRM has a consumed propellant weight of 1,149 K 1b and a mass fraction
of 0.867, including interstage structure and approximately 33.4 K 1b of recovery
systems provisions. The Orbiter HO tank contains 1,608 K 1b of propellant (6:1 of
LOX and LH2 by weight) and has a mass fraction of 0.959. The two recoverable SRM's
are separated from the Orbiter/HO tank at a relative staging velocity of 4,000 fps.

‘ They are each initially decelerated by a ballute and finally braked by solid rockets
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FIGURE 9-1 . 1-423A ‘
MAIN CONTENDERS WITH UPDATED CAPABILITIES
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having a terminal sustainer thrust mode.

The Orbiter has a single pad abort rocket (about 32.4 K 1lb propellant and case
weight) which is fired and jettisoned during normal ascent. Installation of this
abort rocket adds about 3.2 K 1b scar dry weight to the Orbiter. High-q HO tank
separation provisions have also been included which add about 1.5 K 1b to the
Orbiter and 0.5 K 1b to the HO tank.

This twin SRM configuration is inherently stable during its ascent mated con-
dition. No thrust vector control is provided in the SRM stage. All mated control
is provided by the Orbiter main engines, supplemented by Orbiter aerodynamic

surfaces.

9.2 Selection Rationale

Details of relative assessments which lead to the selection of the Twin 156"
Parallel Burn System are contained in Section 4.2. Primary areas of concern
associated with each of the three major contenders are summarized in Figure 9-3.

Parallel solids are better overall on near-term costs and technical risk
considerations. Though SRM per flight costs are more than those of the series
burn recoverableisystems, many additional SRM flights can be bought with the dollars
saved in RDT&E. Recovery of SRM's also appears feasible, and in many
respectsisimplér than recovering the more vulnerable liquid Boosters. Recovery
and refurbishment reduces SRM per flight costs by 11% at an increase in RDT&E of
only 1%. Combustion products of the large SRM's are of concern relative to their
impact on the local launch site enviromment. Technically this potential risk »
appears to be small and can be controlled by constraining launches during adverse
weather conditions. Malfunction detection in the SRM stage is a concern that is
partially obviated by the high reliability and simplicity of solid motor Systems.

A considerable background of analysis and design experience has been accrued in the
Titan program to enhance safety of flight under similar solid stage operations.
This background provides confidence that risks can be avoided or eliminated in this
area. _

Separation of the Parallel burn SRM's introduces additional complexities;
however, preliminary dynamic analyses indicate feasibility. Several alternate
devices such as trapeze separation mechanisms and separation rockets can be

resorted to if dictated by designs as they mature. Detracting from the Pressure

A 9-3
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FIGURE 9-3
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Fed System is the need to carry two major engine development programs with their

different potential problems. For Booster liquid engines in general, sealing
against salt water ingress and protection against water impact damage are con-
sidered to be design problems involving considerable. risk and potential cost.
Added to this is the vulnerability of the four engine F-1 system to losses caused

by a single engine failure early in f-light.
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‘l’ 1.0 Summary

Two orbiter configurations were used in the Phase B Extension studies for
system analyses, The first evolved from the MSC 040A configuratiou., with modifi-
cations primarily to accommodate a change from four J2-S main engines to three
470K HiPc engines. This configuration has the large (15 x 60) payload capability
and has received most of the detailed orbiter analysis during this study period.

It is referred to as 068B. The second configuration (085A) is the small payload
(14 x 45) orbiter, which is essentially the 068B reduced due to the smaller payload
~bay. It also uses three 470K HiPc engines. It has been examined only to support

the system studies.

The discussion in this section is based on a 068B that is compatible with
parallel burn twin 156" SRM booster unless otherwise stated. Size and weight
comparisons are provided for the smaller orbiter. The minor changes required to

be compatible with the series burn boosters are also listed.

Numerous other orbiter configurations and engine combinations have also been
. "~ examined briefly to provide the parametric data used in system and orbiter trade

studies.

In this'report, the technical considerations pertinent to overall systems or
orbiter configuration selection have been emphasized at the expense of discussing
subsystem selections which were not primary factors in system or orbiter decisions

during the Phase B Extension.

1
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2.0 GENERAL CHARACTERISTICS

The physical and functional characteristics of the basic 068B orbiter are
covered in this section. Brief comparisop data are provided on the small orbiter.
Issues affecting the overall configuration are discussed under aerodynamics and

performance in this section and under the major subsystems in Section 3.

2.1 Physical Characteristics -

The Orbiter general arrangements for the large and small payload bay orbiters
are presented in Figures 2,1-1 and 2.1-2, respectively. These evolved from the

MSC 040A configuration. Key features of the 068B differing from 040A are listed

below.
FEATURE : REASON
o LARGE AREA ELEVONS (.14 Sw) | .— IMPROVED HYPERSONIC TRIM CAPABILITY.
o FAIRED CANOPY. AND INTERNAL MANIPU- - REDUCED HYPERSONIC FLOW INTERFERENCE

LATOR STOWAGE

o FLARED RUDDER BRAKE ' - IMPROVED TRANSONIC/SUPERSONIC/APPROACH
STABILITY AND CONTROL

o FAIRED WING TIP ACPS PODS . = REDUCED DRAG

o -HIGH ASPECT RATIO FIN - - LIGHTER STRUCTURAL WEIGHT
o EXTERNAL AIRBREATHING ENGINE PODS - REDUCED STRUCTURAL WEIGHT AND DEPLOYMENT
DYNAMICS
o DIRECT X-AXIS DOCKING - PILOT CONTROL AND REDUCED STRUCTURAL
: WEIGHT
o LARGE PRESSURIZED CABIN (2500 FT3) - MISSION VERSATILITY
o STRUCTURAL CARGO BAY DOOR - STRUCTURAL STRAIN COMPATIBILITY AND

. REDUCED WEIGHT

o SEPARATE ARTICULATED RADIATOR - MISSION VERSATILITY AND REDUCED
' STRUCTURAL WEIGHT

o STRAIN-ISOLATED THERMAL PROTECTION - REDUCED PRODUCTION COSTS AND STRUCTURAL
WEIGHT

B.2-1
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FIGURE 2.1-1
ORBITER GENERAL ARRANGEMENT
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Orbiter geometric data are as follows:

Overall Configuration
Length - Ft.
Height (Less Landing Gear) Ft.
Angle, Max Tail Down - Deg.

Fuselage
Length, to end of body - Ft.
Base Area - th
Wing
Area, Theoretical - th
Span - Ft. '
Aspect Ratio
Dihedral - Deg.
Incidence - Deg.
L.E. Sweep - Deg.
Airfoil Section - NACA
Vertical Tail
Area, Theoretical - th
Aspect Ratio
L.E. Sweep - Deg.

Airfoil. Section - NACA

B.2
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15 X 60 PL

(068B)

123.0
45.1
17

114.3
314

3720
79.6
1.7

1.5
60
0008-64

434
1.43

45
0012-64
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14 X 45 PL

(0854)

107.8
44.0
17

99.2
310

3310
75.2
1.7
2
1.5
60
0008-64

418
1.43

45
0012-64



MDC E0558 |
“ PART 1= VOLUME | 15 MARCH 1972

2.2 Orbiter Weight Summary . : ‘

The comparisons of Orbiter weights for the two payload bay sizes are shown

below for parallel burn, easterly mission.

BAY SIZE W15 x 60 (3—-470 K LB) 14 x 45 (3-470 K LB)
PAYLOAD WEIGHT REQUIREMENT 85K 45K AWT
WING GROUP 16,214 14,305 -1,909
TAIL GROUP 2,766 : 2,643 -123
BODY GROUP 28,620 26,120 -2,500
INDUCED ENVIRONMENT PROTECTION , 25,602 22,171 . =2,831
LANDING, RECOVERY, DOCKING 1,971 1,249 -128
PROPULSION-ASCENT 23,000 23,000
PROPULSION-CRUISE 0 0 :
PROPULSION-AUXILIARY 6,483 6,261 ~222
PRIME POWER 4,020 4,020
ELECT. CONVER. AND DISTRIBUTION 2,530 2,530
HYDRAULIC CONVER. AND DISTRIBUTION 1,510 1,510
. SURFACE CONTROLS _ 4,997 4,525 472
AVIONICS 5,730 5,730
ENVIRONMENTAL CONTROL 6,550 6,550
PERSONNEL PROVISIONS 800 800
RANGE SAFETY AND ABORT 0 (]
BALLAST 0 0 .
GROWTH UNCERTAINTY ' 12,008 11,128 ~880
SUBTOTAL (DRY WEIGHT) (148,807) '(139,142) (~9,665)
PERSONNEL - 1,200 1,200
CARGO ' 65,000 45,000 - -20,000
ORDNANCE 0 0 '
RESIDUAL FLUIDS 2,156 2,156
SUBTOTAL (INERT WEIGHT) (217,163) (187,498) (-29,663)
RESERVE FLUIDS 13,915 12,472 -1,443
INFLIGHT LOSSES . 5,443 5,443
PROPELLANT-ASCENT 0 0
PROPELLANT-CRUISE. 0 0
PROPELLANT-MANEUVERS/ACS 15,501 14,290 -1,211
TOTAL (GROSS-WEIGHT) LB (252,022) (219,703) {-32,319)
ENTRY WEIGHT - LB 197,710 173,045 (-24,665)
LANDING WEIGHT - LB 192,659 167,994 (—24,665)
LANDED CARGO ' 40,000 25.000 (~15.000)

Orbiter modifications for the series burn configuration impose minor changes

in system weight as listed below:

B.2-4
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: Propulsion Feed System
Add Recirculation System A +750
Plumbing ' B +150
APU ‘ '
Shorter Ascent,Time -100

Base Heating

Lower Aft End Heating . . -120
Precant and Gimbal Angle Change _

- Reduced Body Wetted Area -490

Interconnect Backup - 40

Thrust Structure © =100
Vertical Tail

Reduced Rudder Loads -400
Wing
Increased Down Loads +100
, Fuselage '
‘ Increased Down Bending : +300
'; Uncertainty/Growth Maintained at 10% + 5
- Net Effect + 55

B.2-5
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2.3 Aerodynamics and Performaunce

Data of the 040A configuration generic wind tunnel tests were used as the
basis of estimating the aerodynamic characteristics and flight performance of the

040A, 068B, and 085A configurationms.

Current aerodynamic design objectives are defined in Figure 2.3-1. The
longitudinal stability and control summary for the 040A configuration is shown in
Figure 2.3-2. The flared rudder schedule (2.5 < M < 7, + 30°; 1.2 < M < 2.5,

+ 20°; M < 1.2, i_5°) was selected to provide maximum longitudinal stability. The
nominal angle of attack provides acceptable flight characteristics, including

sonic boom and elevon hinge moments, through the angle of. attack transition from
the high angle required at hypersonic speeds to the airplane mode at transonic
speeds. The + 5° off-nominal was considered as desirable for instrumentation,

and manual control. The 2% static margin at landing speeds at the aft center-of-
gravity is minimal to obtain Level III longitudinal short period handling qualities.

The available aerodynamics capability for the 040A with the nominal angle of attack

,» band is limited to a forward center of gravity of approximately 65% of the body

eak
%

k2

length and to an aft center of gravity of 667. As noted in the mass properties
description, the center of gravity travel with 25,000 1lb payload in/out exceeds the

aerodynamic capability.

NASA directed changes to the ﬁayload landing weight and resulting engine,
structure, etc. changes required configuratibn resizing, resulting in a larger wing
and tail to maintain the 150 kt design speed and adequate directional stability.
Additional configuration changes included;

(a) smaller ACPS pods

(b) incorporation of the OMS pods in the base, and

(c¢) a longer, wider body. '

The longitudinal characteristics of the resulting configuration, 068B, are shown

in Figure 2.3-3. The trim 1lift and drag characteristics at subsonic and hypersonic
speeds are given in Figure 2.3-4. The aerodynamic capability is deficient relative
to .the forward and aft center of gravity. Aerodyhamic modifications which have
been evaluated to provide an adequate aerodynamic corridor of abproximately 3% lB
are:

(a) nose change - broader planform, trapezoidal cross-section, more ramp

angle

(b) body flap - movable, trailing edge up.

B.2-6
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CURRENT A‘ERODYNAMIC DESIGN OBJECTIVES

HYPERSONIC ENTRY: L/D COMMENSURATE WITH ONCE AROUND CROSSRANGE REQUIREMENT

TRIM 259 OR * 20% OF (L/D)yo A
-0k 8, < 10070 PROVIDE AILERON CONTROL FOR OPERATING CG'S INCLUDING Ayg3"

SAFE AND CONTROLLABLE (AT LEAST C.nB DYN> 0, Cma< 0)

TRANSITION: ADEQUATE UNAUGHENTED HANDLING QUALITIES (AT LEAST € .mm >0 AND
LONGITUDINAL STABILITY > 1%1 ) AP
. AIPPLANE MODE: LEVEL 3 HANDLING QUALITIES UNAUGMENTED (AT _I;EAST)
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:  FIGURE 2.3-1
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Depending on possible revision of criteria for handling qualities and landing speed,
additional studies are required to define the resulting mass properties, aercdynamic

characteristics and performance capability.

Aerodynamic anélyses during this period also included evaluation of a 14 x 45
foot payload compartment design. ‘The resultant configuration (085A) was sized in
-like manner to the baseline configuration. The foreshortened fuselage reduced the
corridor available with the incorporated aerodynamic improvements from 3% lB to
2.5% lB. However, the shorter length and reduced payload results in a payload in/
out center of gravity requirement of only 1.5% lB’ thereby resulting in an adequate

corridor margin,

Lateral-directional characteristics of the 040A were determined through wind
tunnel testing, Figure 2.3-5. At hypersonic speeds the requirement for positive
Cns dynamic is met by the wing dihedral at the nominal high angle of attack.
Control is obtained from the ACPS until the airplane mode is reached. At subsonic
speeds the vertical tail was sized for 068B to obtain a CnB of .001. For this

configuration the dutch roll characteristics will meet Level II handling qualities.

Performance characteristics of the Orbiter are summarized in Figures 2.3-6 and
2.3-7. The most severe entry, in terms of the heating enviropment, is the maximum
crossrange entry from a 100 NM polgr orbit with a 40,000 1b payload. The entry is
initiated with a 250 ft/sec retré maneuver. During retro burn, the vehicle is held
in a 49 degree nose down attitude for minimum range sensitivity. Initial entry is
made with a 34 degree angle of attack and a 70 degree bank angle. After pullout,
‘bank angle is modulated to suppress skip and to accomplish the required crossrange
and downrange manevuers while maintaining the angle of attack constant at 34 degrees.
After decelerating to Mach 7, a gradual transition to low angle of attack is initi-

ated. The velocity-altitude profile of this entry is shown in Figure 2.3-6.

Orbiter subsonic performance is summarized in Figure 2.3-7. Air breathing
engines are not installed for the nominal polar missions and landings are performed
utilizing the high energy approach technique., Speed control is provided by rudder
flare modulation. Touchdown is made at an angle of attack of 12.2 degrees,
slightly above that for maximum L/D with partial speed brakeé.' A maneuver load

factor of over 0.4g is attainable at touchdown.

For the orbital missions having 2 ABES installed, the thrust is not sufficient

to maintain a level flight cruise. A glide extension of 55 NM is attainable with

B.2-9
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this installation, however. About 4500 1b of fuel are required for maximum

extension.

Ferry mission performance requires 4 airbreathing engines. In addition, RATO
units are needed to meet the FAA balanced field requirements in case of an engine
failure during take-off. With current ferry configuration weights, engine out
cruise performance is marginal. A ferry kit providing wing tip extensions and a

base fairing to increase the cruise L/D would provide improved ferry performance.

2.4 Flight Control Characteristics

Flight control characteristics are summarized in Figure 2.4-1. The following
paragraph briefly discuss the way the control system is utilized along with the

guidance  and navigation systems to provide spacecraft mission flight control.

Ascent - The ascent guidance utilizes information from the inertial navigation
system and explicit closed loop guidance equations to calculate-a constant rate
steering profile that will achieve the desired end conditions. The desired end
conditions are defined in terms of final radius, velocity magnitude, radial velocity
and out-of-plane velocity, and position coordinates. Attitude error commands from
.the guidance are converted to rate commands and summed with the corresponding rates

_to form control commands to the engine gimbal logic.

On-orbit - The guidance system calculates the required transfer maneuvers,
.rendezvous sequence maneuvers, landing site selection, and the turning for initia-
tion of deorbit maneuvers. The guidance utilizes computer state vector information
which is updated by the ground network and star tracker and horizon sensor measure-
ments., The relative position and velocity of the Shuttle and the target are updated
by S-band ranging. Attitude control is provided by ACPS thrusters in response to

automatic and manual commands. AV maneuvers are performed with the OMS engines.

Reentry - Following the deorbit maneuver and prior to atmospheric encounter,
the vehicle is controlled in an attitude hold mode utilizing the ACPS. Guidance
and active bank and angle-of~attack control are initiated at .05 g's and provided
throughout the atmospheric flight phase. The guidance is targeted for a point
approximately 750 nm from the runway and utilizes closed form range predictions to
obtain the required L/D. Navigation is provided by the onboard inertial system
with vertical channel stabilization. Elevons and jets are employed for pitch axis
control with the jets deactivated at 40 psf. All reaction control is utilized for

the lateral-directional channel. Differential elevons provide trim control for

B.2-12
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MISSTON :
PHASE CONTROL DESCRIPTION CONTROL CHARACTERISTICS
ASCENT o SPACECRAFT- AND AIRCRAFT SYSTEMS MAIN ENGINE GIMBAL REQUIREMERTS ¢ 8 -0 DEG PITCH
+6 .5 pEG YAV
. TORQUE CAPABILITY -
o AUTOMAT™C RATS COMMAND SYSTEM
‘ . prcy 7.18% Z=I2 (i)
o RATE GYRO FEEDBACK IN SPACECRAFT FLIGHT 5 FT-LB
CONTROL ELECTRONICS ROLL 1.25% 5= (MIN)
o ATTITUDE FEEDBACK THROUGH ASCENT FI-LB
STEERING EQUATIONS yaw b9V DEG (MIN)
DIFFERENTIAL ELEVON AND RUDDER FOR ROLL RATE DAMPING
ON-ORBIT | o SPACECRAFT SYSTEMS ONLY 32 ACPS THRUSTERS: 400 LBS. THRUST LEVEL
2 WING PODS WITH 13 THRUSTERS EACH
o REACTION JET CONTROL OF ATTITUDE AND 1 TAIL POD WITH 6 THRUSTERS
TRANSLATION .
o THREE AXIS ATTITUDE AND TRANSLATION ACPS ANGULAR ACCELERATION (NOMIFAL)
CONTROL HANDLES AXIS ANG. ACCEL. (DEG/SEC®)
o ATTITUDE CONTROL MODES: ROLL *1.15
MANUAL - ACCELERATION, PULSE, RATE PITCH" + 0.20
COMMAND/ATTITUDE HOLD YAW +0.23
AUTOMATIC - ATTITUDE HOLD .
ACPS TRARSLATIONAL ACCELERATION (NOMINAL)
o TRANSLATION CONTROL MODES: DIRECTIOR ACCELERATION (FT/SEC)
MANUAL-ACCELERATION
AUTOMATIC - AV INCREMENT +X +0.38
+Y +0.19
+2 + 0.22
o MAJOR ON-ORBIT TRANSLATIOF MANEUVERS
PERFORMED USING OMS;
ACPS THRUSTERS. PROVIDE TRANSLATION OMS CHARACTERISTICS
CONTROL DURIRG DOCKING o TWO IM ASCENT ENGINES
o THRUST 3500 LBS. EACH
o DERIVED ATTITUDE RATES o DEORBIT T/W ~ 0.035
ENTRY o ACPS LATERAL-DIRECTIONAL CONTROL TO - ACPS ANGULAR ACCELERATION CAPABILITY
COMPLETION OF TRANSITION (M = 2) AXIS ANG. ACCEL. (DEG/SECT)
o DIFFERENTIAL ELEVONS PROVIDE TRIM ROLL +1.15
CONTROL THROUGHOUT ENTRY PITCH * 0.43
YAW +1.05
o ACTIVE RUDDER AND AILERON
CONTROL INITIATED AT TRANSITION
o BLENDED ELEVON/REACTION JET PITCH AXIS 10 DEGREE DIFFERENTIAL ELEVON CAPABILITY FOR
" CONTROL. JETS TURNED, OFF AT 40 PSP LATERAL -~ DIRECTIONAL TRIM CONTROL
DYNAMIC PRESSURE.
o ACPS MANUAL CONTROL VIA THREE AXIS
SIDEARM CONTROLLER
o AERO MANUAL CONTROL VIA TWO AXIS SIDE-
ARM CONTROLLER AND RUDDER PEDALS
TERMIRAL | o ALL AERODYNAMIC CONTROL CONTROL SURFACE RATR REQUIREMENTS-DEG/SEC
APFROACH BUBSONIC SUPERSONIC
TO o AERODYNAMIC SURFACES USED: ELEVONS 30 15
LARDING ELEVONS, RUDDER, FLARED RUDDER RUDDER (CONTROL) 30 15
RUDDER (FLARE) 10 10
o MABUAL CONTROL VIA TWO AXIS SIDEARM )
CONTROLLER AND RUDDER PEDALS
~ RATE COMMAND
~ BARK COMMAND 3
~ FLIGHT PATH ANGLE COMMAND
0 AUTOMATIC CONTROL MODES
~ ANGLE OF ATTACK CONTROL
, ~ BANK ANGLE CONTROL
~ GLIDESLOPE AND LOCALIZER HOLD
~ ALTITUDE HOLD
~ HEADING HOLD

FIGURE 2.4-1
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offset c.g's. Bank angle orientation is achieved by commanding a maneuver about

the yaw body axis.

Transition - .During the-transition phase, the vehicle is maneuvefed from the
back side to the front side of the L/D curve. The vehicle will respond to commands
from the terminal guidance system during the pitch over maneuvers. Navigation up-
dates from TACAN stations will start at Mach 7.0. The pitch control system is
unchanged for the transition and subsequent flight phase. However, the lateral-
directional control concept is changed just prior to tramsition from all reaction
to blended aero/reactién control. Bank control is performed by commands to the

roll axis.

Terminal Phase - Energy management during this phase is accomplished through

angle~of-attack, bank angle, and speed brake modulation. The guidance is initiated
at the beginning of transition and is divided into the following phases: (1) cruise
or energy dissipation; (2) acquisition of the heading alignment ciréle; and (3)
heading alignment. The guidance logic switches from phase to phase on the basis of
energy. The onboard inertial navigation system will be augmented bylmathematically
filtering TACAN and barometric altitude data. The vehicle is controlled entirely
with aerodynamic controls during this phaée of flight. Manual pitch and roll com-

mands are introduced through a two axis control stick and yaw commands with the

" rudder pedals. Automatic turn coordination is prdVi&ed t6 minimize the requirement

- for primary control inputs into the yaw axis.

Automatic speed brake modulation provides the essential speed control for the

‘autoland system. The autoland system utilizes the two step approach path which’

combines the high energy approach with the conventional final approach. This allows
for standard obstacle clearance and a final flare which is quite similar to the

final approach of present large transport aircraft.

B.2.14
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3.0 SUBSYSTEMS

The subsystems- are reported in depth here only where they have strongly
influenced the system or orbiter decisions, or where key issues have occurred
during the Phase B Exténsion . Some of the trade studies reported used data on
MSC configuration 040A. However, the data are directly applicable or qualifica--

tions stated. Additional descriptive detail is in the data book on all subsystems.

3.1 Airframe
This section covers the basic airframe and miscellaneous mechanical systems.
The structure and TPS are reported in some depth because they have changed con-

siderably during Phase B Extension, primarily as a result of the new booster

concepts.

3.1.1 Structures - This section describes the structural concepts selected
‘ for the Space Shuttle Orbiter (Ref. Dwg. SK-ET-0068B) as a result of studies con-
ducted during the Phase B Extension period. Substantiating data for the selection
of specific structural concepts and materials is presented in the form of trade

studies which have been performed.

The overall philosophy was to achieve minimum total program costs commensu-

.. rate with structural efficiency and minmum technical risk. Therefore, conven-

tional aircraft design and construction techniques have been recommended for the
most part. ‘

The primary structure selected for the Orbiter is an all-aluminum stiffened
shell airplane-type structure covered with a combination of non-metallic reusable
surface insulation and ablative TPS to form the aerodynamic moldline surface (see
Section 3.1.2 for TPS description). Structural arrangement and definition drawings

are shown in Figures 3.1.1-1 and 3i1.1-2.

The selection of aluminum for the primary structure was based on a trade study
which compared aluminum and titanium structure, and their associated TPS, on the
basis of weight, cost, and performance. Then, the Aluminum Alloy Selection Study
(Ref. Section 3.1.1.1) showed 2024 aluminum alloy to be the best choice on the
bases of-stfength efficiency, formability, and stress corrosion resistance. This

study also showed that the best alloys for forged and welded parts were 7075 and

2219 aluminums, respectively.

B.3-1
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The basic fuselage shell is formed by zee-stiffened skins, protected by TPS
which forms the aerodynamic moldline. Fuselage frames, which react pressure loads
from the skins and prevent general instability failure of the shell, are spaced
20 inches apart (based on the Frame Spacing Optimization Study, Ref. Section 3.1.1.2).
The stiffened skins are permitted to buckle elastically under shear and axial com-
pression loads, based on results of a study comparing the integrated structural and
TPS weights of‘buckling and non-buckling skin concepts (Ref. Section 3.1.1.3). TPS
is strain-isolated from the skin and protected from skin buckle deflections by a

layer of silicon sponge rubber.

The forward fuselage consists of a pressurized integral cabin structure formed
by the stiffened moldline fuselage shell and the cabin floor. Internal frames),
spaced approximately 20 inches apart, are designed to prevent general instability
failure of the stiffened shell and to carry moments due to pressure differential
acting on the non-circular cabin enclosure. The moldline integral cabin concept is
tentatively selected as the baseline. However, final concept selection will be
determined from future studies comparing-designs on the basis of minimum cost and
minimum cabin gas leakage (Ref. Section 3.1,1.43; Other major‘items in the forward
fuselage are the nose cap, docking port, forward interconnect, and nose landing

gear.

Contained in the center fuselage are the payload bay, payload attach points
and handling mechanisms, and wing carry-through structure. Overall vehicle loads
during ascent are carried by the fuselage sides and bottom, acting together with
a one-piece structural payloéd bay door. The fuselage is capable of carrying
vehicle entry and post-entry loads without the door being latched, in the event of
a door malfunction. The design is based on a study which evaluated both structural
and non-structural payload doors (Ref. Section 3.1.1.5). The significant increase
in overall stiffness offered by the structural door was a major influence in its

selection.

The aft fuselage is an extension of the basic fuselage shell and'contains the
boost engine thrust structure. It consists of major frames and the payload bay aft
bulkhead, which redistributes loads from the vertical tail, wing, thrust structure,
aft interconnect, OMS pods, and ABES. An upper shelf beam distributes thrust loads

from the upper engine into the fuselage shell structure.

B.3-3
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The boost engine thrust structure consists of thfust struts and a support beam

gridwork. The upper engine is supported by a tripod truss which transmits the
thrust loads to the upper shelf beam and the vertical support beams. Lower engine
loads are reacted by vertical support beams and a set of lateral stabilizing truss

struts.

The exposed portion of the Orbiter wing is a four-spar torque-box structure
with ribs at approximately 25 inch spacing and angle-stiffened cover skins. Alum-
inum angle stiffeners were sélected over 'zees' because they resulted in a lower
weight when forced crippling due to diagonal tension effects were considered. The
rib spacing is based on the results of an earlier study but is considered applicable
for this configuration. This conventional design concept, using distributed wing
bending materiai was seiectéd over a concept employing discrete spars and ribs with
floating skin panels because of greater confidence in the conventional éoncept and

the resulting weight estimation (Ref. Section 3.1.1.6).

Wing carry-through structure located under the payload compartment is inte-

i grated wifh the fuselage lower shell structure and major fuselage frames. The

‘to satisfy the requirement for carrying both longitudinal fuselage loads and trans-

.verse wing carry-through loads. Wing carry-through spar webs :are truss type and

;are integrated into the lower portion of major fuselage frames; wing carry-through

upper spar caps are concentrated members which shear lag their loads into distri-

buted bending material on the upper surface of the exposed wing.

The vertical tail is a one cell, two spar torque box employing zee-stiffened
skin for distributed bending material. The load in the distributed bending
material is shear lagged into two spars at the fin root which are aligned with

major aft fuselage frames.

Interconnect structure between the Orbiter and the external tank is provided
at two locations, oné forward and one aft, each consiéting of three attachment
points. The forward interconnect consists of a center attach point which reacts
lateral loads only, and two outboard attach points which react vertical and lateral
loads from outboard attach struts. A major bulkhead at the front end of the cabin

enclosure (X 317) distributes these concentrated loads into the forward fuselage.

.‘
'
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The interconnect consists of a centerline attach point which reacts longitudinal and.
-lateral loads, and two outboard attach points which react vertical and lateral loads
from outboard attach struts. A major bulkhead at the aft end of the payload bay

(X 1314) plus a lower dfag‘beam introduce these loads into the aft fuselage.

;
3.1.1.3 Aluminum Alloy Selection - Candidate aluminum alloys and associated

tempers were evaluated early in the extension study. Selected high weight efficient
alloys were incorporated into the detailed structural sizings. Other alloys and/or

tempers may be necessary for the solution of specific detail design considerations.

Alloy and Temper Selection - The following aluminum alloys and tempers are

recommended for general usage on orbiter structure. All of these materials have

good stress corrosion resistance and good strength characteristics at elevated

temperatures.
Mill Product | Alloy Temper Application
-T861 Flat or Slight Forming
2024 -T81 Moderate Forming
~T62 ‘ Severe Forming
Sheet
-T87 Welded Parts; Flat to Moderate
. Forming
2219 -T62 Welded Parts; Severe Forming
Extrusions 2024 -T8511 Slight to Moderate'Formlng
-T62 Severe Forming
7075 ~T73511 Tension Members in Cool Regions
Plate 2024 -T851 Plate Elements
! .
t
Forging 7075 g ~T7352 Forged Elements

Figure 3.1.1-3 rates the tempers of selected alloys with respect to strength,
formability, and weldability. T8 tempers have the greatest strength while T6.

tempers are easier to form.

The 2219 alloy is generally weldable by all commercial procedures and methods

and exhibits good resistance to stress corrosion cracking at the weld. The 2024

Bv3-5
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and 7075 alloys have limited fusion weldability because of increased crack sensi-

tivity, loss of resistance to corrosion, or degradation of mechanical properties.

Strength Efficiency Comparison at Elevated Temperatures - Strength efficiency

curves for selected sheet, plate, and extruded shapes are shown in Figures 3,1.1-4
through 3.1.1-7. Fig 3.1.1-8 presents a comparison of the material crippling index
efficiency for consideration in members designed by compression loading. At temp-
eratures up to 300°F, the 2024-T861 material exhibits an efficiency advantage from
4.5% to 10.8% over other selected materials. The 2219 alloys become advantageous
only at temperatures beyond 450°F, which is beyond its maximum use temperature.
Strength data for the above figures were taken from ALCOA test results which clas-

sified tensile properties as being typical.'

Temperature Use Limits - Major considerations for establishing temperature use
limits for aluminum alloys are creep strength and reduction of mechanical proper-
ties at room temperature. The temperature range at which a 0.2 percent creep
strain occurs (often used as a criteria for temperature use limits) under a 3000 psi
stress level after 100 hours exposure is from 575°F to 625°F. But the severe degra-
dation of mechanical properties at these temperature levels makes this criteria

unacceptable for establishing upper limits.

Table 3.1.1-19 lists maximum-use temperatures for selected alloys arbitrarily .
based on either Ftu or Fty being degraded by 10.0 percent.
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FIGURE 3.1.1-8

MATERIAL CRIPPLING INDEX
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" Based on ALCOA Test Data
Typical Tensile Props.
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TEMPERATURE_USE_LIMIT
[~ e
. . Temperature ’
Alloy Form Use Limit (°)
| _Alloy o Form Limit (°)
2024-762 Sheet Extrusion 350
2024-T81 Sheet 375
2024-T851 Plate 375
2024-78511 Extrusion 375
2024-1861 Sheet, Plate 360
2219-1T62 Sheet, Plate 345
2219-187 Sheet, Plate 345
7075-T73511 Extrusion 30
7075-17352 Forging 310
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3.1.1.2 Frame Spacing Optimization Study - This study was performed to deter- ’
mine the spacing of frames which would yield the minimum fuselage structural weight
for a typical running load of: - |
N = 1100 1b/in
q 300 1b/in

Weights were determined for various frame spacings, using typical fuselage frames

]

and for zee-stiffened shell structure. Material was assumed to be 2024 - T86

aluminum alloy at 70°F.

Results showed that minimum fuselage structural weight was achieved by main-

taining a fuselage frame spacing of 20 inches.

Orbiter configuration used in study is not identical to that described in

Section 3.1.1, however, the conclusions reached are considered valid.

3.1.1.3 Buckled vs Non-Buckled Mold Line Skin Panels - This study was con-
ducted to determine the total system weight change for a non-buckling design
approach for mold line skin panels. The current design approach is to'permit the
panels to buckle in shear and compression. The mold line RSI TPS is isolated from
in-plane panel strains and buckle deflections by use of a foam rubber substrate ‘
(Figure_3.1.l—10);

The weights of the RSI TPS and the associated mold line structure were genera-
ted for both buckling and non-buckling design approaches. Typical RSI TPS unit
weights which were derived are shown in Fig 3,1.1-10 and the weight variations for
the total system are shown in Fig 3.1.1-11. The TPS weight increase for strain iso-

lation pads required to isolate RSI from panel deflections is .13 lb/ft2 (see
Figure 3.1.1-12). '

The range of structure weight increase (3000 1b. to 4500 1b.) for a non-buck-
ling design is based on skin-stringer riveted structures and included evaluation of
the mold line structure of the fuselage, wing, tail and control surfaces. The
weight range is due to uncertainties associated with the fact that not all loading
conditions are defined and that compressign and shear buckling interaction was not

considered. The net weight penalty associated with the non-buckling design is from
1880 to 3380 1b.

The recommended design approach is to permit panel buckling, because of the

significant weight advantage. A foam rubber substrate will be provided to isoclate .

the RSI from buckle deflections. Panel element tests are being performed to sub-

stantiate the feasibility of this design approach.
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FIGURE 3.1. 1 10

BUCKLING OF MOLD LlNE SKIN PANELS -
WEIGHT PENALTY FOR ISOLATION OF RSI FROM :

PANEL BUCKLING DEFLECTION

o FACTORS INFLUENCING REQUIRED FOAM THICKNESS
o BUCKLE DEPTH (SHEAR AND COMPRESSION)
o FOUNDATION MODULUS OF FOAM ’

0 BENDING STRENGTH OF RSI PANEL; ALLOWABLE
STRESS AND PANEL- THICKNESS

0 STRUCTURE AND RSI IN-PLANE STRAINS

0 ESTIMATED FOAM THICKNESS TO ISOLATE RSI
o IN-PLANE STRAINS - ~ .10 IN, AVE.
0 BUCKLE DEFLECTION - ~ .25 IN. AVE.

o WEIGHT DELTA DUE TO ISOLATION FROM BUCKLE DEFLECTIONS

0 AVERAGE ~ + .13 LB/FT - INSULATING. CAPABILITY
OF FOAM REDUCES RSI REQUIREMENT -

}&ﬁ RST A
. 0
RSI 300°F MAX. 10" MIN. oan /-—3°°.F MAX. E:zs' FOAM
AM . N - . .
STRUCTURE 4= ' strucTure = e :
v FOR IN-PLANE STRAIN . 1 , < FOR BUCKLE DEFLECTION
RSI 3.2 Le/FT2 : RSI - 3100 LB/FTS
ADHESIVE .06 * ADHESIVE .06 *° -
e » v S
" : HESIVE .03 *
TOTAL  T38 La/FT2 TOTAL 35T Le/FT2

FIGURE 3.1.1-11

BUCKLING OF MOLD LINE'Sk}N PANELS
TOTAL SYSTEM WEIGHT '

COMPARISON OF BUCKLING AND NON BUCKLING SKIN DESIGN APPROACH
o BASELINE DESIGN
o WEIGHT BASED ON BUCKLING SKIN

0 MEIGHT INCLUDES STRAIN ISOLATOR FOR BUCKLING
DEFLECTION ( t = .25 IN. AVE.)

0 ALTERNATE DESIGN
o MWEIGHT BASED ON NON BUCKLING SKIN

(] HEIGHT INCLUDES STRAIN ISOLATOR FOR IN-PLANE STRAINS
.10 IN. AVG.) .

° nsm WEIGHTS FROM BASELINE
o STRUCTIRE -+ 3000 L8 TO + 4500 LB
o STRAIN ISOLATOR - 1120 L8 (8652 FZ @ .13 PSF)
o TOTAL + 1880 LB TO + 3380 LB.
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o FIGURE 3.1.1-12

EFFECT OF STRAIN ISOLATION - SPONGE PAD THICKNESS ‘

"ON .RSI TPS .TOTAL UNIT WEIGHT
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3.1.1.4 Cabin Design Considerations - This section summarizes a trade study

. comparing three cabin concepts on the bases of weight, volumetric efficiency, and

"¥. ease of inspection.

Although the Orbiter conflguratlon is not identical to that descrlbed in
ASectlon 3.1.1, the information presented is considered valid. The moldline integral

is presented as baseline, however, the study is continuing; final selection will be

based on minimum cost and minimum gas leakage.

~

The three concepts were:
o Moldline integral aluminum
o Submerged integral with TPS on standoffs

~ 0 Submerged noh-integral structure with separate primary structure at moldline

The primary considerations were:
o Minimum potential for cabin gas leakage
0o Moisture formation on cabin walls in orbit

o Attenuation of external acoustic environment

0 Heat loss in orbit

B.3-12



MDC E0558

PART Il - VOLUME |

HDLDiINE INTEGRAL - BASELINE:

SUBMERGED. INTEGRAL :

NON-INTEGRAL:

15 MARCH 1972

FIGURE 3.1.1-13
CABIN DES| 6N CONSIDERATIONS

CABIN DESIGN CONCEPTS STUDIED

o INTEGRAL ALUMINUM STRUCTURE AT MOLDLINE
CONFORMS TO AERODYNAMIC SHAPE

EXTERNAL
MOLDLINE

o RSI BONDED DIRECTLY TO INTEGRAL CABIN
 STRUCTURE *

THERMAL INSULATION INTERNAL TO CABIN STRUCTURE
PRESSURIZED VOLUME = 2920 FT3

SUBMERGED INTEGRAL ALUMINUM STRUCTURE .
TPS ON STANDOFFS FROM INTEGRAL STRUCTURE
RSI BONDED TO STANDOFF SUPPORTED PANELS °

THERMAL INSULATION EXTERNAL TO INTEGRAL
CABIN STRUCTURE

0 PRESSURIZED VOLUME = 2790 FT°

o © o o

SUBMERGED NON-INTEGRAL CABIN ENCLOSURE
PRIMARY STRUCTURE AT MOLDLINE .
RSI BONDED DIRECTLY TO PRIMARY STRUCTURE

THERMAL INSULATION EXTERNAL TO CABIN
ENCLOSURE -

o PRESSURIZED VOLUME f'?OQO Fr

o ©o o o

The preliminary conclusions were:

[e

[e

Weight is not a major discriminator

- _EXTERHAL
./ MOLDLINE
. {TPS ON

STANDOFF)

- PRIIARY
JRUCTURE

EXTERNAL
Ny MOLCLIAE

PRI}ARY
JSTRUCTURE

The design concepts studied are shown in Figure 3.1.1-13

Non-integral and submerged integral cabins have greatest inherent acoustic

attenuation

Reentry thermal protection system plus insulation provides adequate thermal

control to prevent on-orbit moisture formation with non-integral and

submerged integral cabins

Non-integral and submerged integral cabin pressure walls can be more easily

fabricated from large integrally stiffened panels than integral moldline

pressure walls with compound curvature.

Non-integral and submerged integral cabin provide inherent protection from

‘damage (leaks) from TPS refurbishment

Integral and submerged integral cabin provide higher volumetric efficiency

Submerged integral is most inspectable

Further study required.
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3.1.1.5 Payload Bay Door/Interstage Attach Method Trade Study - This trade ‘

study was performed to determine the combination of (1) payload bay door concept,
and (2) forward interstage attach method Wthh offers the greatest advantage in

terms of weight and torsional stiffness.

Fig 3.1.1-14 defines eight configurations examined during this trade study, and
alsoveiplains differences between structural and non-structural payload bay doors
and Betweeh single point and three-point forward interstage attach methods (Figure
3,1.1-15). Configurations A, C, E, and F, formgd by combinations of these concepts,
are the basic configurations studied. Configurations A and C (with a structural
door) were reéxamined as configurations B and D, to determine what effects. would
result from 1nab111ty of the door to carry overall vehicle loads after ascent.
Configurations E and F (with non-structural door) were reexamined as Configurations
G and H, to determine the advantages offered by a structural liner on the lower

half of the payload bay.

Determination of the maximum fuselage twist © and payload door enclosure axial
deflection § is important to this study, because extreme deflection would result in

interference between the door and its enclosure. The result would be local damage

to the ‘thermal protection system (TPS) and possibly to the structure itself. Pre- "‘
liminary analysis has shown that the design clearance should be .12 - .25 inches.

. With a non-structural door, only configurations with three-point forward attachments
have acceptable maximum § values during ascent, and all configurations with non-
structural doors are outside the acceptable range during uﬁsymmetrical braking at

landing (the critical post-ascent condition for fuselage twist).

Additional factors to be considered are:

(1) Mechanisms for latching structural doors are not significantly more
complex or heavier than required by non-structural doors.

(2) Peak body bending moments during ascent will cause additional axial
deflections of 1.0 - 3.0 inches in the door enclosure. For non-structural
doors these values represent unacceptable gaps br interferences between
the door and its enclosure.

(3) These high axial deflections indicate that non-structural doors will act

as load-carrying structure regardless of the door design concept.

In conclusion, the Orbiter configuration with structural payload bay door and

three-point forward attachment offers the advantages of least structural weight and .
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DESCRIPTIOWN OF CONFIGURATIONS STUDIED

FIGURE 3.1.1-14

15 MARCH 1972

‘ PAYLOAD * FORWARD ATTACH METHOD
. DOOR " BAY
CONCEPT LINER . THREE-POINT SINGLE-POINT
CONCEPT FORWARD FORYARD
ATTACH ATTACH
STRUCTURAL NO , ,
PAYLOAD STRUCTURAL A c
BAY DOOR LINER -
STRUCTURAL
DOOR DURING NO _
ASCENT; STRUCTURAL B ,
HOH-STRUCTURAL LINER D
FOR ALL OTHER
MISSION PHASES
NO : S ‘
STRUCTURAL E F
LINER - .
NON- —
STRUCTURAL
e “pavLoap - | STRUCTORAL ¢ H
j ‘ BAY DOOR :
3 DEFINITION OF CONCEPYS
o PAYLOAD BAY DOOR
o STRUCTURAL - " acts with rest of fuselage cross-section in

carrying overall vehicle bending, axial, and
torsion loads.
o NON-STRUCTURAL - designed to carry only its own aerodynamic and

inertial loads.

o STRUCTURAL PAYLOAD - surrounds the entire lower half of the payload
BAY LINER
envelope, acts with the rest of the fuselage
cross-section in carrying overall vehicle bending,

axial, and torsfon loads.

o FORWARD INTERSTAGE - between ascent propellant tank and orbiter
" ATTACH METHOD )
vehicle.

o SINGLE-POINT - y - and z - direction loads transmitted through

single-point; no capability for transmitting .
.fuselage torque. )
‘ E A 0 THREE-POINT - y - direction 1oa&s transmitted through center
attach point; z- and y- direction loads trans- ’
mitted through two outer points, thus, providing.
capability for transmitting torque.
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highest torsional stiffness. Also, in this configuration imprope; door closure
after ascent would be acceptable in terms of mission safety and program cost due to

the low probability of occurrence.

A general arrangement of the.baselihe deltﬁ—wing Orbiter for this study is
shown in Fig 3.1.1—16; This Orbiter has a single-piece payload bay door, and the
interstage attach points are located at the bulkheads at the forward and aft ends
of the 15 ft. dia. x 60 ft. payload bay (fuselage stations X570 and X1314, res-
pectively). This configuration is somewhat different tﬂan the Orbiter described in

Section 2.2.,1.1, however, conclusions reached are still considered valid.

Fig 3.1.1-17" suﬁmarizes the overall vehicle loads at the three fuselage lo-
cations used in sizing the vehicle cross-sections, plus values of fuselage torque

used to determine the maximum fuselage twist angles and door enclosure deflections

Basic conditions and assumptions for this study include the following:
o Material and Properties ‘ |
- 2024-T86 aluminum alloy at 70°F after 200 hours exposure at 300°F
- "Guaranteed typical' properties used; defined as '

GUARANTEED MIL-HDBK-5A

TYPICAL + (1.07) X wAv YALUES

(Valid for Fiy? Feoo Fcy’ and Fsu)

ty .
o Ascent Propellant Tank - 300 in. dia. tank; 0.15 inch thick (average)
aluminum wall. |
o Fuselage Sizing Criteria -
- 20 inch frame spacing _
- Zee-stiffened panels carrying axial and shear loads
o No contribution from wing for Orbiter fuéelage bending and torsional

stiffnesses.

Thermal stresses were neglected since the fuselage is basically sized by load-

ing conditions which occur during ascent, when aerodynamic heating is negligible.

Results - Fig 3.1;1—15— summarizes the results of the analyses. They in-
dicate that structural payload bay doors offer significant advantages in struc-—

tural weight énd in torsional stiffness.

The three-point attach method (Configuration C) permits the ascent propellant
tank and Orbiter fuselage to act together like two closed cells in carrying Orbiter
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FIGURE 3.1.1-17
FUSELAGE CROSS-SECTINNS ‘
P~ Jr\PAVLOAD
PAVLOAD mm:m “BAY DOOR
BAY DOOR BAY DOOR - . \
o
4
105 R . i
| A
] _vr 'T . f '
105 123
l..s:j- ; L—“’S*J L_ws'__.]
STATION X1000 .
STATION X600 ‘STATION X1300
N ULTTMATE_LOADS
LUAD LG LUl iS0ny
+iz cross-
* SECTION LOAD e = &5 w £
Locartan ‘s iz |g8 |EEE
3° (3% |23 ¢
RS R 1.5 ] 3.5
2500 " ° [ [ 0 o |:26.0 | --
P f- bf-asf- es]e s o - 5| —
& " = - - - - | 2220 | s.0
w | Lo | T [T | &6 [BO [0 [
- X1000 " [) 0 ° ] 0 |+.e | —
(NN T I U It L EY) o~ 35| -
'.\.' —1 = = = = = 77,0 | 5.0
w ] -es.0 [0 Toaso Juzo7 ] =70 foioo ]~
2 21300 ", ) ° ° [] 0 +24.0 =
[N - 851 -.60]- 61|~ .38 o - .60 [ -
s o e o = = T |70 | 5.0
i © LOAD'MAGNITUDES AR® 1¢ 10° 18 oR 10° 1N-Le
AN
N " o ORBITER NOSE LOCATED ‘AT-STATION X200
Wy, © PAYLOAD BAY CENTERLINE LOCATED AT 2400

© FACTOR OF SAFETY = 1.4

o “UNSTIMETRICAL MAIN GEAR RRAKING™ REPRESEXTS MOST ClITlCAL M, LoAD m
POST-ASCENT MISSION PHASES

o LOADS REFFRENCED TO 2335

FIGURE 3.1.1-18

"STRUCTURAL vs NON-STRUCTURAL

PAYLOAD BAY DOOR

SUMMARY

§

DOOR ENCLOSURE
P ORIGINAL SHAPE
e
B
DOGR ENCLOSIRE A.]

OEFLECTED SHAPE

\ TWIST & DEFLECTION VALUES
ASCENT POST-ASCENT ASEENT . posr-g§c5m WEIGHT PENALTIES (L8)
8. ‘ e 'lﬂ-{-‘a‘l = ——— e _— -
[l
A ' 8 a 13 N 03 | M 0
o
8 6 . 13 M. | 1.6 [~0.7 0 .
A" wiTh DOORM
SAALFUNE TION
¢ 8 _ .86 '} W 20 | m o
- - _ _
] ec" witss DoOR .86 M (1S |~0.7 [} »
- MAI.NN(TIEN
J .
£ 14 .06 1.4 {~0.6 40
; (] .
F 5 : ‘6.6 3.0 0.8 |~ .3 210
4
6 5 8 .06 1.1 |~o0.5 1240
(<]
] 2.8 L3 0.65 |~0.3 1640

- * 10 ADDITIOHAL PEMALTY REQ'D FOR POST-ORBITAL LOADINGS WITH DOOR MALFUNCTION.

W = NOT APPLICABLE
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fuselage torques. This coﬁfiguratiqn has much more torsional sfiffness than Con-

figuration A, which has a single/point forward attach. The two configurations do

not significantly differ in weight for the following reasons: (1) Fuselage torque
did not affect the fuselage crOSSréection'sizing fbr either configuration; (2)

overall orbiter bending and axial loads are the same for either attachment method.

Configurations E and F, with non-structural payload bay doors, also differ
structurally only in forward attach point method. Comparison of the values for
fuselage twist 8 and payload door enclosure axial deflection §, (explained in
Fig 3.1.1-18). plus fuselage weight, indicates the advantages in transmitting
fuseiage torques into the tank at the forward attach point. Sizing the fuselage
cross-sections for overall Orbiter bending and axial loads results in a 410 1b
increase for E and F, as compared with Configurations A and C, in which the door
acted with the fuselage structure in carrying these loads. 1In addition, Configura-
tion F requires a further increase of 1790 1b to account for the increased internal
stresses in the Orbiter fuselage which result from carrying fuselage torques in

differential bending.

Configurations B and D are identical to Configurations A and C, respectively,
except that the door was considered to be not effective in taking loads after com-
pletion of ascent. Such a condition could result from inadequate latching. Results
show that structural weight is not affected, and that values for 6 and § are
comparable to those for Configurations E and F (with non-structural doors) for post-

ascent mission phases.

Configurations G and H are identical structurally to Configurations E and F,
respectively, except that a structural liner (capable of carrying shear and axial
loads) was added to the lower half of the payload bay for its full length. The
liner results in a significant weight gain rather than a weight savings, because
much of the liner perimeter is near the neutral axes for My and Mz bending loads,

and is thus inefficient in taking body bending loads,
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3.1.1.6 Conventional Wing Structure vs. Discrete Spars and Ribs with Removable .

Panels - This section summarizes a trade'study of structural sizing for a conven-
tional wing’utilizing distributed bending maﬁerial and for a wing employing dis-
crete spars and ribs with floating surface panels. The following weight sumﬁéry
shows essentially the same weight for either approach. However, the conventiénal
design concept of distributed wing bending material was selected because of greater
confidence in this concept and the resulting weight estimation. The wing configura-
tion used in fhis trade study is not the same as that described in Section 3.1.1;

however, conclusions reached are still considered valid.

Conventional _ Wing With Floating
Component - _Wing Surface Panels
Exposed Wing
Covers 3275 1b. 1900 1b.

Spars 1365 2450

Ribs 1710 1900
Carrythrough

Spars ‘ 1000 - 1570

Cover (lower) - 1074 _ 686

Root Rib 520 520

| Subtotal 8944 9026

10% Contingency 894 903

TOTAL | 9838 9929

Notes:

1. Spar and rib weights include an increment for drég structure.
2. Material 2024-T81 aluminum alloy.

3. Weights include 28% non-optimums.
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’ ' 3.1.2 Thermal Protection System - The orbiter thermal protection system (TPS)

is passive and consists of: reusable surface insulation (RSI) mullite HCF; SLA-561
ablator, and ESA-3560-IIA ablator. RSI is used where surface temperatures are
between 750°F and 2500°F (maximum temperature for extensive reuse); SLA-561 is used
where teﬁperatures are below 750°F (no charring) and above 2500°F; ESA-3560-IIA is
used on the nose cap and leading edges where protection from rain erosion is needed.

Figure 3.1.2-1 shows the orbiter TPS material distribution, unit ﬁeights and
thicknesses. High density ablator (56 pcf) ESA-3560-IIA is used on the nose cap
and leading edges. Low density ablator (14.5 pcf) SLA-561 is used: on the wing
lower surface and just aft of the nose cap where the surface temperature is above
2500°F; on the aft upper wing surface where the surface temperaturebis below 750°F
(no charring); on the vertical tail sides; on the aft upper fuselage; on the aft.>
fuselage sides; and on the base heat shield. RSI (15 pcf) is used on all other
surfaces. The thermal environment used to compute these TPS unit weights, Figure
3.1.2-2, was based upon Cornell wind tunnel test data.

The orbiter baseline TPS concept for RSI and ablator is shown in Figure

‘ "~ 3.1.2-3. A layer of foam rubber is used between the structure and RSI for thermal
and mechanical strain isolation. This strain isolation permits the structure to
buckle, which saves weight, and conforms to manufactured surface-irregularities.

A reduced bond weight is needed to insure a continuous bond line..

The RSI/ablator is sized to limit the structural temperature to 300°F at the
end of landing rollout and no greater than 350°F thereafter. A maximum structure
temperature of 350°F after landing rollout was selected based on material degrada-
tion and reuse considerations.

The remainder of this section will describe six studies that helped to define
and refine the selected TPS concepts described above. These studies are concerned
with: .

o nose cap and wing/tail leading edges

o fuselage, wing and tail surfaces

o cabin windshield -

o fuselage base

o influence of ﬁaximum structural temperature on combined weight of TPS,

structure and ECLS insulation

. o effect of crossrange on TPS weight.
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3.1.2.1 TPS Evaluations: Nose Cap, Wing and Tail Leading Edges - The design

goal in choosing TPS materials and concepts is to have a fully reusable TPS on the
entire orbiter surface. If the selected materials are not reusable, the design
concept should permit easy replacement and/or refurbishment. The concept must
provide minimum design risk but maximize the use of existing technology. The TPS
material must be able to resist erosion without surfaée recession that decreases
airfoil L/D. Thermal isolation from the aluminum primary structure must also

be provided. Special TPS requirements exist for the nose cap, wing and tail leading
edges because they are exposed to very high temperatures and an erosive environment.

A TPS of high density ablator, ESA-3560-IIA (56 pcf), was selected. A reusable
TPS made of carbon/carbon has been selected as an alternate but will require
development. The major design considerations that influence TPS concept selection
and material choice for the nose cap and leading edges are listed in Figure 3.1.2.1-1.

Candidate TPS concepts are rated-in Figure 3.1.2.1-2. Specific advantages
and disadvantages are listed for each concept. High dénsity ablators (above 40 pcf)
were -selected for the baseline TPS candidate and carbon/carbon was selected as an
alternate candidate. Ablators will provide high confidence and low risk for early
development flights while evolution to carbon/carbon should provide a TPS with
greatly reduced refurbishment requirements. ]

The potential ablative candidates for the Orbiter are listed in Figure 3.1.2.1-3.
ESA-3560-11A appears the best choice; however, test data on the raih erosion and
thermal behavior of several materials will be required before a final evaluation
can be made. ESA-3560-IIA was selected over S-3 primarily because of its smoother
char surface, although the densities are the same. AVCOAT-5026 has a lower density
and was judged to have a corresponding lower resistance to rain erosion when charred.

Figures 3.1.2.1-4 and 3.1.2.1-5 present the wing leading edge selecﬁéd TPS
concept and reusable alternate concept, respectively. The nose cap TPS concept is
presented in Figure 3.1.2.1-6. The rationale for selecting the baseline TPS for
the nose cap, wing and tail leading edges is presented in Figure 3.1.2.1-7.

3.1.2.2 TPS Evaluations: Fuselage, Wing and Tail Surfaces - The primary

TPS design considerations for the major surfaces of the Orbiter (fuselage, wing and
tail surfaces) are listed in Figure 3.1.2.2-1. Minimum risk, -refurbishment and
develapment cost, and weight are prime desiga considerations. Major TPS candidate
categories (ablator, RSI and metallic) are shown in Figure 3.1.2.2-2 with the

specific advantages and disadvantages of each. Low density ablators-and RSI were
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FIGURE 3.1.2.1-1

'ORBITER NOSE CAP: WING & TAIL LEADING EDGES
MAJOR TPS DESIGN CONSIDERATIONS

@ PROVIDE nmnuu"nzsmu RISK

o MAXIMIZE USE OF EXISTING TECHNOLOGY

o ENDURE RATN AND WIND EROSION DURING LAUNCH AND FLYBACK
e AVOID suﬁrAcE RECESSION AT -MAXIMUM HEATING RATES

e MAINTAIN SMOOTH AERODYNAMIC SURFACE T0 AVO!D INFLUENCES
ON LIFT AND DRAG

e RETAIN ABLATIVE CHAR LAYER INTACT THROUGH ENTRY AND FLYBACK

© PROVIDE THERMAL ISOLATION FROM STRUCTURE LIMITED TO 300°F
AT LANDING ROLLOUT; LIMITED TO 350°F THEREAFTER

e PERMIT LOW COST REPLACEMENT OR REFURBISHMENT IF REQUIRED

o MINIMIZE WEIGHT AFTER ABOVE CONSIDERATIONS ARE SATiSFlED

FlGURﬁ 3.1.2.1-2
ORBITER TPS CANDIDATES

NOSE CAP:; WING & TAIL LEADING EDGES

CANDIDATE ADVANTAGES DISADVANTAGES RELATIVE
RATING
ABLATOR (p < 20°PCF) | o LOWEST WEIGHT o POOR RAIN EROSION RESISTANCE
(R RS! ¢ MATERIALS AVAILABLE o SURFACE WILL RECEDE AT PEAK HEATING
o EXCELLENT THERMAL ISOLATION & REFURBISHMENT AFTER EACH FLIGHT
® AVOIDS RISK OF HEAT UNCERTAINTIES
ABLATOR (p s» 30 PCF)| o LOW WEIGHT o MARGINAL RAIN EROSION RESISTANCE
. e NO SURFACE RECESSION o REFURBISHMENT AFTER EACH FLIGHT )
o MATERTALS AVAILABLE
e GOOD THERMAL ISOLATION
® AVOIDS RISK OF HEAT.UNCERTAINTIES
A\ } #BLATOR (o > 40 PCF) | & MODEST WEIGHT o REFURBISHMENT AFTER EACH FLIGHT
o GOOD RATN EROSION RESISTANCE : '
©® NO SURFACE RECESSION OR SHELLING 10
o MATERIALS AVAILABLE
o GOOD THERMAL ISOLATION .
® AVOIDS RISK OF HEAT.UNCERTAINTIES
L\ carsoN-cARBON # MODEST WEIGHT " |e CURRENTLY DIFFICULT TO FABRICATE
@ GOOD RAIN EROSION RESISTANCE o OXIDATION COATING REQUIRED - 6
’ o N0 SURFACE RECESSION o POOR THERMAL ISOLATION '
¢ NO/LOM REFURBISHMENT -
CERAMIC FOAMS o GOOD RAIN ERGSION RESISTANCE o HIGH WEIGHT-POOR IN THERMAL SHOCK
r 0 : © NO SURFACE RECESSION o POOR THERMAL ISOLATION 4
20 B; © NO REFURBISIMENT o EMITTANCE COATINGS REQUIRED
COATED TANTALIUM o GOOD RAIN EROSION RESISTANCE e POOR THERMAL ISOLATION .
o NO RECESSION WITHIN DESIGN LIMITS|e REQUIRES RECOATING EACH FLIGHT 3
. : o FAILURE SENSITIVE TO HEATING
UNCERTAINTIES
[] HIGH WE IGHT

[Ts SELECTED CANDIDATE FOR EARLY DEVELOPMENTAL FLIGHTS; MUST BE REPLACED AFTER EACH FLIGHT

lzs SELECTED ALTERNATE CANDIDATE FOR LATER DEVELOPMENTAL AND OPERATIONAL FLIGHTS; GREATLY REGUCED
REFURBISHMENT EXPECTED
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FIGURE 3.1.2.1-3

ORBITER NOSE CAP:. WING & TAIL LEADING EDGES

POTENTIAL ABLATIVE CANDIDATES

CANDIDATE oensiry |- ADVANTAGES DISADVANTRGES
PCF - : .
P ESA-3560-11A N 56 o FLIGHT PROVEM PERFORMANCE
(PRIME) o EASY FABRICATION & APPLICATION :
FOR WIDE RANGE OF DESIGN THICKNESS | -
o GOOD RAIN EROSION RESISTANCE
-3 56 | e FLIGHT PROVEN PERFORMANCE o SURFACE SWELLS TO ROUGH TEXTURE
(GEMINT) © 403 LOWER WEIGHT THAN 3560-11A AT SHUTTLE HEATING RATES
HOWEVER APPLICATION AREA IS SMALL)
o GOOD RAIN EROSION RESISTANCE »
AVCOAT-5026 32 | o FLIGHT PROVEN PERFORMANCE o PERFORMANCE DATA FOR SHUTTLE
(APOLLO) : : ENVIRONMENTS SCANT
PHENOLIC-FIBERGLASS | 115 | @ FLIGHT PROVEN PERFORMANCE o VERY HEAVY
(MERCURY) o EXCELLENT RAIN EROSION RESISTANCE | SUBJECT TO DELAMINATION PROBLEMS
. o HIGH COST TOOLING & FABRICATION
KOROTHERM 70 | o.BASELINE NOSECAP ON EXTERNAL TANKS | @ HEAVIER THAN OTHER AVAMLABLE
' o SIMPLE APPLICATION IN THIN LAYERS CANDIDATES
NEEDED FOR ASCENT
P stEcTeD
FIGURE 3.1.2.1-4
THERMAL PROTECTION SELECTION RATIONALE
WING LEADING EDGE TPS :
BASELINE CONCEPT
ABLATOR N
SLA-56) (14,5 PCF) -
121 HOUEYCOMD ATRIX o 7 f RS
ADVANTAGES - .~ SHORTCOMINGS.
e MATERIALS ARE AVAILABLE o o NOT REUSABLE
o LOM RISK FOR MAX. HEATING AREAS o REPLACEMENT AFTER EACH FLIGHT
o AVOIDS GAPS IN MOST FORWARD AREAS ¢ LACK OF EROSION RESISTANCE DATA
o EASY THERMAL ISOLATION FROM STRUCTWRE FOR ABLATIVE CHAR
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FIGURE 3.1.2.1-5 ‘

THERNAL PROTECTION SELECTION RATIONALE
WING LEADING EDGE TPS,

REUSABLE ALTERNATE CONCEPT

LMD SEARING
TNSULATION

NICROQUART? INSRATION
(38 ¥cF)
1
101 L.E. SEAN
TIACONIA (AL ALLOY)
(siKATION

T L0AD BEARING .
- p— ,17’ INSCLATION QUSHING

(3.5 KH z I £3.7 o0 s
OTARLE ISAKTIEY —— \/{/ 2L e
R ot vt // ! i 6o

Hicowia i < C ety soow MULLITE OR
SILICA CERAMIC

ADVANTAGES . SHORTCOMINGS

® REUSABLE TPS FOR MAX. HEATING AREAS ¢ REQUIRES DEVELOPMENT
o EXPECTED TO PROVIDE REUSABLE ’ o MORE COMPLEX THERMAL ISOLATION FROH

EROSION RESISTANCE : : ALUMINUM STRUCTURE . .
i o IMPROVED STRUCTURAL INTEGRITY REQUIRED ‘

FIGURE 3.1.2.1-6

NOSE CAP TPS

P~
NOSE CAP IN -
OPEN posmo"\ﬂ
(180° ROTATION)
. ESA-3560-11A
ABLATOR (56 PCF)
|
|
.0
- |
i
i
]
§
rd
J
SLA-561 ABLATOR R
(14.5 PCF) N
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FIGURE 3.1.2.1-7

ORBITER NOSE CAP. WING & TAIL LEADING EDGES
SELECTED BASELINE CONCEPT & RATIONALE
o REQUIRES NO MATERIAL DEVELOPMENT PROGRAM
o PROVIDES SIMPLE THERMAL ISOLATION FROM STRUCTURE
o AVOIDS RISK DUE TO HEATING UNCERTAINTIES IN HIGH FLUX AREAS
o AVOIDS NEED FOR HIGH EMITTANCE OR OXIDATION RESISTANT COATINGS

CHOICE OF ESA-3560-11A ABLATOR (56 PCF)
[ PROVI!iES GOOD RAIN EROSION RESISTANCE

o MAINTAINS A SMOOTH SURFACE FOR AIRCRAFT FLIGHT PERFORMANCE
- NO SURFACE RECESSION S '
& NO SURFACE SWELLING _
= NO CHAR SPALLING S ‘ _
"® PERMITS SIMPLE APPLICATION AND REFURBISHMENT
o RESULTS IN MODEST TPS WEIGHT FOR HIGH FLUX AREAS
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FIGURE 3.1.2.2-1

ORBITER FUSELAGE. WING & TAIL SURFACES
MAJOR TPS DESIGN CONSIDERATIONS

o PROVIDE PERFORMANCE INSENSITIVE TO HEATING UNCERTAINT[ES,
MINIMIZE RISK

e MINIMIZE REFURBISHMENT COST AND TIME IF REQUIRED

o MINIMIZE WEIGHT BECAUSE OF LARGE SURFACE AREAS

o PROVIDE TPS STRAIN ISOLATION (IF REQUIRED) FROM STRUCTURE
PERMITTED TO BUCKLE AT LIMIT LOADS

o ACCOUNT FOR THERMAL & ACOUSTIC ENVIRONMENTS DURING ASCENT
& ENTRY

¢ MINIMIZE DEVELOPMENT OF NEW MATERIALS OR PROCESSES

FIGURE 3.1.2.2-2 »
ORBITER TPS CANDIDATES _
FUSELAGE., WING AND TALL SURFACES

. CANDIDATES ADVANTAGES - DISADVANTAGES

;. PABLATOR (p = 15 PCF) o MATERIALS AVAILABLE ‘@ REFURBISHMENT AFTER EACH FLIGHT OVER
! o INSENSITIVE TO HEATING UNCERTAINTIES MAJORITY OF SURFACE
0 SLA-561 o SIMPLE APPLICATION & REMOVAL ¢ BRITTLENESS OF ABLATOR & ADHESIVE FOR
0 1004X o INSENSITIVE TO SEVERE ACOUSTIC EXTREME ORBITAL COLD CONDITION MAY BE
0 ULD-100-4 ENVIRONMENT. PROBLEM
0 ULD-200
0 520-T
o FIREX 250(35 PCF)
PRSI (o = 15 PCF) o SIMPLE TRANSITION FROM ABLATORS TO o REQUIRES ADDITIONAL DEVELOPMENT
RSI e SOMEWHAT SENSITIVE TO LARGE HEATING
0 MILLITE HCF o REUSABLE - LITTLE REFURBISHMENT UNCERTAINTIES
o LI-15 . o SENSITIVE TO SEVERE ACOUSTIC EMVIRONMENT
0 REI ¢ REQUIRES STRAIN ISOLATION FROM STRUCTURE

' . PERMITTED TO BUCKLE

o REQUIRES WATERPROOF COATING
o ADHESIVE BRITTLENESS IN ORBITAL COLD
METALLIC SHINGLES o REUSABLE - LITTLE REFURBISHMENT o DIFFICHH Y TRANSITION FROM ABLATORS
o MATERIALS AVAILABLE T0 RSI
o NICKLE SUPERALLOYS! e WATERPROQFS INTERIOR OF VEHICLE ¢ USE WOULD REQUIRE RST WEIGHT PENALTY
o COBALT SUPERALLOYS| o LOW SENSITIVITY TO SEVERE ACOUSTIC FOR PANELS AND HEAT SHORT STAND-OFFS
o COATED COLUMBIUM ENVIRONMENT o WEIGHT & FAILURE SENSITIVE TO PRESSURE

AND HEATING UNCERTAINTIES

o COLUMBIUM COATINGS AND REPAIRS REQUIRE
ADDITIONAL DEVELOPMENT

o REQUIRES INSULATION PACKAGING
DEVELOPMENT

P>~  SELECTED CANDIDATES
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selected for additional evaluation; candidates in each category are compared in
Figure 3.1.2.2-3. The selected orbiter TPS concepts are SLA-561 and RSI. SLA-561
ablator provides minimum risk to initial heating unéertainties and permits rapid,
low risk transition to RSf. RSI mullite HCF reduces refurbishment costs, provides
tolerance to modest heating uncertainties aﬁd is weight competitive with ablators.

The orbiter baseline TPS concept is shown in Figure 3.1.2-3. A layer of foam

 rubber is used between the structure and RSI for thermal and mechanical strain

isolation. The RSI/ablator thickness is sized to limit the structural temperature
to 300°F at the end of landing rollout and no greater than 350°F thereafter. A
maximum structural temperature of 350°F after landing rollout was selected based on
material degradation and reuse considerations. The distribution of SLA-561 and RSI
on the fuselage, wing and tail surfaces is shown in Figure 3.1.2-1.

3.1.2.3 TPS Evaluations: Cabin Windshield ~ Thermal protection for the wind-

. shield must interface with several other orbiter systems, and has unique considera-

tions that do not exist elsewhere on the orbiter. Major windshield design criteria/
considerations are listed in Figure 3.1.2.3-1. The advantages of wind-

shield covers listed in Figure 3.1.2.3-2 indicate a strong need for some form of
external or internal cover. Three windshield TPS candidates are shown in Figure
3.1.2.3-3. External covers using RSI as TPS were selected because they best satisfy

the design criteria and considerations.

3.1.2.4 TPS Evaluation: Fuselage Base - The fuselage base region has require-

ments that differ from the rest of the orbiter. Major design considerations

are listed in Figure 3.1.2.4-1.
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: FIGURE 3.1.2.2-3
ORBITER FUSELAGE., WING AND TAIL SURFACES

ABLATOR & RSI TPS CANDIDATES

CANDIDATE ) nzggpv ADVANTAGES . DISADVANTAGES
_ ABLATOR
SLA-561 14.5 | o LOWEST UNIT WEIGHT
v o DESIGN DATA AVAILABLE
® EASY FABRICATION & APPLICATION
= 1004X S 15 o PERFORMANCE WELL KNOWN o UNIT WT 0.2 TO 0.3 PSF HIGHER
o EASY FABRICATION & APPLICATION THAN SLA-561
» & WATERPROOF COATING NEEDED
ULD-100-4 16 o EASY FABRICATION & APPLICATION le PERFORMANCE DATA IS MEAGER
: . o DEMONSTRATED REUSE POTENTIAL({~10x Je HIGH ESTIMATED UNIT WEIGHT
o LOWER REFURBISHMENT COST - o THERMAL CONDUCTIVITY IS TWICE
. SLA-561 .
ULD-200 16 o BETTER PERFORMANCE THAN ULD-100 . [ PERFORMANCE DATA IS SCANT
$20-T 20 o DESIGN DATA AVAILABLE - o MODEST WEIGHT PENALTY
. o CONSISTENT FABRICATION IS. -
, DIFFICULT
FIREX 250 35 o BASELINE ON EXTERNAL TANKS o HIGH UNIT WEIGHT FOR LONG ENTRY
o . HEATING DURATION
| A Bt , -
. MULLITE HCF 15 o HIGHER TEMP. CAPABILITY THAN LI-15¢ 10 TO 15% HIGHER THERMAL CONDUCTI-
: . o HIGHEST STREMGTH OF RSIS _ VITY DUE TO LARGER FIBER DIAMETER
i LI-15 15 o LOWEST THERMAL CONDUCTIVITY o LOWER STRENGTH DUE TO SMALLER FIBERS
= MULLITE REI - 12 o THERMAL CONDUCTIVITY APPEARS o LOWER STRENGTH DUE TO SMALLER FIBERS
) SIMILAR TO LI<1500( AT LOW TEMP) i

SELECTED FOR AREAS BELOW 750°F (NONCHARRING) AND ABOVE 2500°F
SELECTED FOR AREAS GREATER THAN 750°F, BUT LESS THAN 2500°F

FIGURE 3.1.2.3-1

k - ORBITER CABIN WINDSHIELD
| MAJOR DESIGN CRITERIA/CONSIDERATIONS

CRITERIA
o ANY ONE PANE CAN FAIL

o CABIN PRESSURE 14.7 PSIA

o OUTER PANE IS VENTED. 8 PSI ON OUTER GLASS :

o0 GLASS SAFETY FACTOR OF 3.0

o TEMPERED GLASS CANNOT BE USED ON OUTER PANES DUE TO POSSIBLE
METEORITE PENETRATION

CONSIDERATIONS
" o PROVIDE MINIMUM DESIGN RISK
0 MAXIMIZE USE OF EXISTING TECHNOLOGY
o PROVIDE STRUCTURAL CONCEPT TO SEAL-IN CABIN.ATMOSPHERE
o AVOTD DEPOSITS ON WINDOWS THAT WOULD OASCURE VISION
o PROVIDE ADEQUATE VISIBILITY WHEN REQUIRED; ORBIT AND AIRPLANE FLIGHT
o AVOID HEAT LOAD INTO CABIN DURING LAUNCH AND ENTRY
o PROVIDE BIRD PROOFING '
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FIGURE 3.1.2.3-2

‘ S _ FORUARD IIIIIDSHIELD

WITHOUT COVERS . _
0 AREA FWD OF MINDOMS CANNOT BE ABLATOR DUE TO VISION IMPAIRMENT; MUST BE
AL, GLASS COATED RSI, CARBON-CARBON NOSE CAP, ETC. '

0 UNCERTAINTY IN HEATING RATES CAN PROQUCE TEMPERATURES FROM 1070°F TO 1800°F
ON OUTER PANE. FAILURE OF THE OUTCR PANE CREATES A SEAL DESIGN PROBLEM ON

CENTER PANE
o WINDOW COOLING SYSTEM REQUIRED OR CABIN ECLS LOAD INCREASED
o INTERNAL INSULATED COVER REQUIRED.

WITH COVERS
o COVERS MAY BE ABLATIVE OR RSI;SAME AS OVERALL ORBITER

0 GLASS TEMPERATURE LIMITED TO 280°F-MAX,; COVERS CLOSED ON LAUNCH AND ENTRY,
OPEN IN ORDIT AND SUBSONIC FLIGHT

0 FO/FS RELIABILITY ASSURED BY: .
o SEPARATE MECHANISM FOR EACH WINDOW COVER
© REDUNDANT POWERED DRIVE WITH MANUAL BACKUP'

o OUTER GLASS PANE DESIGNED ENTRY HEATING
FIGURE 3.1.2.3-3 ’ ‘ :

WINDOW CONCEPTS

. UNCOVERED - UNCOVERED ) - COVERED,

. ' (ACTIVE CoOLTNG) -~ .(SELECTED)
' ‘ = LRSI -
- ] ~1.28" FUSED SILTCAQD T1.287 |
v 1 E—veme— 3§ 1.75".
ruszo SILICAQ®)] 1.757 li FUSED SILICAQD  1.78” - e ACED _TT
SEALED "'Tg - = Y (T L [fnmcon:@; 0¥
LELCHE‘“‘R (O . lrusso SILICA® 1.75 2 : _T

MAXIMUM WINDOM TEMPERATURES - °F

PANE UNCOVERED  (ACTIVE GOGLING) COVERED

' we 0 FIGURE 3.1.2.4-1 |

® w1 ORBITER FUSELAGE BASE TPS

® . oo . MAJOR TPS DESIGN CONSIDERATIONS
® - w0 g '

© MINIMIZE RISK FROM HIGHLY UNCERTAIN T_HERMAL ENVIRORMENT -

o SURVIVE SEVERE ACOUSTIC ENVIRONMENT {166 Db OR GREATER WITH PARALLEL BURN)
¢ PROVIDE EASY POST-FLIGHT--REMOVAL FOR ENGINE INSPECT.ION :

o MINIMIZE REFURBISHMENT COSTS

[ PERHiT ENGINES 0 GIMBAL - MINIMIZE HOT GAS LEAKAGE

o PROVIDE TPS STRAIN ISOLATION (IF REQUIRED) FROM STRUCTURE
: PERMITTED TO BUCKLE AT LIMIT LOADS

@ MINIHMIZE LONG DURATION FLOW IMPINGEMENT ON NOZZLES DURING ENTRY
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)

Three potential TPS candidates for the fuselage base are evaluated in Figure

3.1.2.4-2; low density ablators, metallic shingles/fibrous insulation and RSI
imbedded into honeycomb. Low density ablators were selected because they b€$§ met
the design considerations. The fequirement to remove the fuselage base heat shield
.after each flight for main engine inspection makes refurbishment of the ablative
shield attractive. The used shield could be removed and a new ablative shield
installed after engine inspection is completed. The shield could then be refurbished
remote from the Orbiter and neéd not bevcoﬁpleted prior to the next flight. Coated
columbium and RSI are marginally near the upper reuse temperature of 2500°F when
preliminary ascent hea;iﬁg rates with less-than-ideal radiation view factors are
considered. ‘

The selected fuselage base TPS concept is shown in Figure 3.1.2.4-3. Flow
impingemént on the nozzles is avoided for entry angles of attack up to 40°F. At
40° angle of attack the flow at the end of the fuselage bottom is expected to

vkgxpand almost 60° at various entry Mach numbers.. .The rationale for selecting the
'illustrated concept and SLA-561 ablator is summarized in Figure 3.1.2.4-4.

S

3.1.2.5 Influence of Maximum Structural Temperature on Combined Weight of

-TPS, Structure and ECLS Insulation - A study was conducted to determine the effect

;gf maximum allowable substructure temperature on the combined weight of TPS,
;étructure and ECLS insulation. Maximum temperature limits of 300° at end of ianding
-roll out and 350° thereafter were selected. The analysis was based on the 1100 NM
-ﬁominal design trajectory and thermal environment and considered an all-ablative

and an all RSI-TPS concept, Figure 3.1.2-3.

The ablative concept considered was SLA-561 ablator bonded directly to aluminum
substructure with 20 mils of 80 lb/ft3 adhesive (.13 lb/ftz). The RSI is bonded to
a .25 inch foam pad for thermal and mechanical strain isolation, and the back side.
of the foam pad is bonded to aluminum substructure. The ablator and RSI surfaceé _
are waterproofed with an organic coating. Behind the substrate is ECLS insulation
that is used where necessary to avoid exceeding 300°F on the structure. Additional
insulation that may be required in the péyload bay or the cabin to maintain the
structure inner surface to temperatures below 300°F was not included in this study.

Figure 3.1.2.5-1 summarizes the results of the analysis. A significant amount
of weight is saved for both the ablative and RSI TPS concepts when the maximum
allowable substructure temperature is increased from 200°F to 300°F (7925 1b for

RSI and 3023 1b for ablator). Increasing the allowable temperature from 300°F to
350°F saves approximately 10% additional weight (786 1b for RSI and 342 1b for
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ORBITER TPS CANDIDATES

FUSELAGE BASE

- DISADVANTAGE

CADIDATE ADVANTAGE
’ LOW DENSITY ABLATORS | @ MINIMUM RISK FROM HIGHLY UNCERTAIN
- HEATING
[ EXCELLENT TOLERANCE TO HIGH ACOUSTIC
LEVELS

o DESIGN CAN PERMIT SIMPLE POST-FLIGHT
REMOVAL FOR ENGINE INSPECTION

® REFURBISHMENT AFTER EACH FLIGHT

METALLIC. SHINGLES -
FIBROUS INSULATION | ®

o EXCELLENT TOLERARCE TO HIGH ACOUSTIC
LEVELS o

‘s EASY POST-FLIGHT REMOVAL FOR ENGIME
INSPECTION

REUSABLE

® SENSITIVE TO HEATING UNCERTAINTIES

COATED COLUMBIUM USAGE IS MARGINAL
FOR PREDICTED HEATING ENVIRONMENTS

‘RSI IMBEDDED INTO .
HONEYCOMB

SIMILAR CONCEPT USED ON SATURN-V
-® POTENTIALLY REUSABLE

‘s UNKNOWN ACOUSTIC CAPABILITIES FOR
SHUTTLE- ENVIRONMENTS

¢ REQUIRES STRAIN ISOLATION FROM
STRUCTURE

o MARGINAL MAXIMUM TEMPERATURE CAPA-
BILITIES FOR SHUTTLE (UNLESS ZIRCONIA
HCF IS DEVELOPED)

P SELECTED

FIGURE 3.1.2.4-3

FUSELAGE BASE TPS

© MAIN-ENGINE NOZZILES saxmzn FROM
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FIGURE 3.1.2.4-4
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ablator). The ablator and RSI weights include the effect of the heat sink of local
structure.

Figure 3.1.2.5-2 graphically illustrates the structural temperature trade-off.
Increasing the maximum allowable substructure temperature from 300°F to 350°F
requires an increase in structural weight due to a decrease in the aluminum
mechanical properties with time at temperature, thus reducing the net total weight

saved.

3.1.2.6 Effect of Crossrange on TPS Weight - A study was conducted to determine

the sensitivity of orbiter ablator and RSI TPS weight to reducing crossrange from
1200 NM. The study defines TPS weight savings only (ablator or RSI water-proof
coating and adhesive bonds). Results of this study (Figure 3.1.2.6-1) show that
approximatgly 5700 1b of all-ablative TPS would be saved when the crossrange
requirement is reduced from 1200 NM to 430 NM. Approximately 4600 1b of TPS would
be saved if the entire surface were covered with RSI.

The all-ablative concept was SLA-561 bonded directly to the aluminum structure
with 20 mils of 80 lb/ft2 adhesive (.13 lb/ftz). The RSI concept utilized RSI
(mullite HCF) bonded directly to the aluminum substructure with .17 lb/ft:2 of
adhesive. RSI and ablator surfaces are waterproof protected with an organic coating.
Strain isolation foam for RSI was not included in this analysis since only weight
differences from a feference 1200 NM trajectory were of interest. Total TPS units
weights with or without strain isolation have been found to be very similar

(approximately 0.10 psf) so that this consideration would have only a minor effect.
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3.1.3 Mechanical Systems

3.1.3.1 External Tank Separation - The interstage attachment system includes

15 MARCH 1972

provisions for structural mating of the Orbiter and the HO tank with subsequent

staging release and separation.

Interstage tie loads are transferred at two locations:

a forward location for

vertical and lateral loads only and an aft 1ocatioﬁ for vertical, lateral, and drag

loads.

Separation is effected from the Orbiter side only. GN2 pressure is applied

against pistons of the forward and aft load fittings, followed by pyrotechnic

release of the forward and aft vertical load struts, causing separation to occur.

The design criteria are summarized as follows:

o 100 ft or greater distance between tank and orbiter prior to rétrograde

o Low force, short time separation system, for minimum deorbit attitude error

o Active release/separation components on Orbiter; minimum components on

tank side of interface -

o No attitude control system on tank

The design will feature:
o 11/2 - ft/sec tank separation velocity

o Propellant residual pump for c.g. control

o Sealing of propulsion lines sealed to prevent disturbance torques

o Redundant, parallel control valves

o Separation cylinder fail-safe sensors

o Time delay retrograde signal

The design will provide operational redundancies as follows:

Power Source

}

i
y

3.1.3.2 Landing and Deceleration - The Landing/Deceleration System consists
of conventional single chamber air-oil tricycle struts and pneumatic rubber tired

wheels, with a steerable nose wheel assembly and anti-skid brakes on the main wheels.

System’ '

Valves

B.3-37

Operating 2nd System Emergency System
Function Control System (Fail Operational). ., (Fail Safe)
Release Hard Wire Pyro Pin Puller Redundant Dual Igniters
Pyro Pin Puller L
Separation Hard Wire GNZ-Pneumatic Parallel Control ACPS System
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Dual wheel arrangements are used on both the main and nose gears. This system must

provide for horizontal landing and stopping, safe reliable ground control, and ferry
flight takeéoff. '

The main gear is located in the wing just forward of the forward center spar
and the nose gear at the forward péyload bay bulkhead. All gears have free fall
CapaBility} The extension braking and steering systems are electrically and/or
mechahically controiled and hydraulically operated. The anti-skid brake control
is supplied by an analog system. All subsystems basically have FO/FS redundancy.

The dééign criteria are summarized as followsf

"0 Landing vertical load factor - 2.5g

o Free fall gear geometry

o Brake and tire design life - 5 normal landings and one rejected take-off
(normal landing 40K payload, Vrp 175 knots)

0 Wheel wells thermally controlled and unpressurized

o Struts and tires initially pressurized only

o Gear extension time — 5 seconds

o Subsystems basic design - pilot'in loop

o Airline type checkout (minimum instrumentation)

o Abort landing: 65,000 1b payload, 190 knot VTD’ sea level hot day,
10,000 ft dry runway stop
o Drag chute only if required to meet stopping distance

The'deSign will provide operational redundancies as follows:

Power Source 'wﬁlimm_A
Operating 2nd System Emergency System
Function Control System (Fail Operational) (Fail Safe)
. e e s - -
Unlock *Hardwire & _Hyd. System 2 Hyd. System &4 Manual Cable
latches & Manual Cable :
Doors )
Lower Gears| Hardwire Hyd. System 2 Free Fall Free Fall
Raise Gears| Hardware Hyd. System 2 Gear Down Gear .Down
Brakes *Mechanical Hyd. System 2 Hyd. System 4 Hyd. System 3
& Electronic Hyd. System 4 Hyd. System 2 Hyd. System 3
Steering *Mechanical Hyd. System 2 Hyd. System 4 Differential
(Red. Cap.) Braking
, Hyd. System 4 Hyd. System 2
1 (Red. Cap.)

* Unmanned operation will require an avionic controlled power source added to system
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3.1.3.3 Docking Mechanism - The docking system provides the Orbiter with

capability to capture mating spacecraft and absorb the relative energy.

Docking maneuvers are accomplished with the Orbiter ACPS. The docking mech-
anism, located in the Orbiter nose, proﬁides on-axis docking/undocking and direct
visibility from the cockpit. Dock/undock functions are controlled from the Orbiter
side of the docking interface. Docking aids include optical alignment with the

target and illumination.

The docking mechanism is androgynous and consists of a fourvspade alignment
ring mounted on eight extendable shock attenuators. The attenuator/actuators are
fluid damped and are extended and retracted by redundant nitrogen sources. Exten-
sion pressure is regulated to the mass to be docked., After initial docking capture,
the shock attenuators are retracted to permit engagement of twelve latches. A seal

is provided for pressurized crew/cargo transfer.

The design criteria are summarized as follows:

o Capability to capture mating spacecraft and absorb relative energy
0 Damped connection capability between mated spacecraft

o Rigidized connection capability between mated spacecraft

o Shirt sleeve transfer capability between mated spacecraft

o Androgynous mechanism

-0 " Visual docking control and determination

o Capability to.redock after a misdock

o Automatic interface atfachment and release

o >Capability for removal/replacement of ddcking assembly

The desién will feature:

o Shock absorber/damper gas pressure, regulated to mass to be docked

o GN2 for extension of the shock absorber/actuator and GN, with metered fluid
for damping

o Redundant valving system for GN2 with mechanical override for vent valves

o No rigidizing possible until three series capture indication switches are
activated ‘

o Collimated reticie prical sight for target alignment

o Docking assist light located on docking adapter

o Indicator lights for "capture,” "rigidized,” and '"nose cap latched” and

docking assist light on.
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The design will provide operational redundancies as follows:
”Power o e WDW
Operating 2nd System Emergency System
Function. Control System (Fail Operational) (Fail Safe)
Latch/Unlatch { Hard Wire Electrical/Mechani- |Electrical/Mechani-|Manual Latch
Nose Section - cal Actuator cal Actuator
Actuate Nose Hard Wire Electrical/Mechani- |{Electrical/Mechani-|{Manual Closure
Section cal Actuator cal Actuator -
Docking Frame | Hard Wire N, Actuator N2 Actuator N, Actuator
Extension/ ' (aapable of Opera- (ﬁose Section
Retraction ting with 5 of 8 can close and
Actuators latch with
frame extended)
Capture-Latch | Hard Wire Electrical/Mechani- |Electrical/Mechani-{Manual
Release cal Actuator Actuator
Rigidize Hard Wire % Electrical/Mechani-{Electrical/Mechani-}Manual Latch
*_ Latch/Unlatch { cal Actuator cal Actuator

3.1.3.4 Payload Handling - Orbiter payload handling accommodations include

"' payload bay ‘door and radiator actuation and latching; payload attach and release

mechanisms; payload deployment/dock/retriéval actuation; and Orbitér'to payload

IVA and EVA access.

Opening the payload bay door and radiator exposes the full length and diameter

of the payload.

The payload is secured to the Orbiter at five of six load carrying

locations, arranged in a statically determinate pattern.

Payload deployment/dock/retrieval is accomplished through the use of twin

manipulator arms (controlled manually with computer assist) that stow on the drive

Iinks of the bay door and radiator.

Opening the door and radiator rotates the

manipulators clear of the stowed payload to the position from which they are deployed.

Direct vision is provided into the payload bay.

Payload handling aids include

bay illumination, .directable lights for payload capture, and a TV camera and light

at the manipulator end effector.

The design criteria are summarized as follows:

o Payload

Access

o Access panels for umbilicals and ground servicing

o ?ayload Bay door open on-pad vertical in 40 sec.

o Standardized effluent vents
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. o Payloai-i-. Attachment

o Payload envelope clearances - 6 inches side, 3 inches top/bottom

o Standard attachments
o Non-redundant attachment load paths

o Remote actuation of latch system

o Payload Handling

o Design weight goal for manipulator system < 2,000 1b

o Manipulator tip - Rate 0 - 0.2 ft/sec
Position - 4 in. radius sphere (+2 in.)
Deflection (with 65,000 1b. payload) < 2.00 in.

o Tilt table pallet mounted required for certain payloads

The design will also feature:
o Hatch into compartment (via airlock) for manned access to payloads
o Manual backup of payload latches

o Manual backup of door and radiator rotation

The mechanical subsystem, as designed, provides the operating redundancies

e

‘ " that are delineated in Figure 3.1.3-1.
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OPERATIONAL REDUNDANCIES
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Power Source e o e

S Operating 2nd System Emergency System
Function Control System (Fail Operational) (Fail Safe)
Cargo Bay Door | Hard Wire Electro/Mechanical | Electro/Mechanical | Manual Handcrank
Latch/Unlatch Actuator Actuator
(18 Latches)
Cargo Door Hard Wire Electro/Mechanical | Electro/Mechanical | Manual Handcrank |
Rotation Actuator Actuator '
Radiator Hard Wire Electro/Mechanical | Electro/Mechanical | Manual Handcrank
Rotation Actuator Actuator
Radiator Latched/Unlatched by Cargo Door — No System Required
Latch/Unlatch ‘ y g0 y d
Payload Hard Wire. g Electro/Mechanical | Electro/Mechanical | EVA Handcrank
Structural i Actuators (3 Actuators (3
Latch/Unlatch places) places)

~|Payload Hard Wire | Manipulator #1 Manipulator #2 None
.. {Deployment :
Manipulator Hard Wire Electro/Mechanical | Electro/Mechanical | EVA Manual
Unlatch/Latch Actuators Actuators
Manipulator Hard Wire Electro/Mechanical | Electro/Mechanical | IVA Manual
Deployment Actuators Actuators
& (Shoulder)
Stowage
-'3:

#Manipulator Hard Wire Electro/Mechanical | Redundant Motors, | Jettison at
Working o Motor Clutches, & Pots | Shoulder Joint
Motions ; ! o Gears i
6 Rotating : ; o Clutch Z
Joints ! 5 o Feedback Pots ;
* Note: Entire system redundant - Twin Boom System
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3.2 Propulsion

The Orbiter propulsion group consists of the main propulsion, reaction control,
orbit maneuver, airbreathing, and solid propellant abort systems. These systems
provide the propulsive energy required for orbiter aséent, on-orbit and entry reac-

tion control, landing assiét, and off the pad abort.

3.2.1 Main Propulsion - The Orbiter main propulsion system consists of three

472K (vac) thrust high Pc engines, an external tank containing liquid oxygen and
liquid hydrogen propellants, and suppdfting propellant control subsystems, including
feed, propellant conditioning, pressurization/vent, pneumatic control, fill/drain,
and propellant management. In the study extension, trade studies were performed to
define the characteristics of the main propulsion system for both the series burn
and parallel burn orbiter configurations, wherever there are significant differences

from the Phase B configuration.

The 472K engine selected for both configurations is the result of a series of
engine trade studies documentedvin Section 4.4 of Part A, Shuttle system. External
tank configuration studies leading to the selection of a separate bulkhead tank for
series burn and a common bulkhead tank for parallel burn are summarized in Sections
4 and 5 of this volume. Main propulsion topics.related to the tank configuration
development, such as propellant ufilization, residuals, pressurization and vent,

are covered in the tank section.

The subsequent paragraphs summarize LOX feedline and propellant conditioning

studies for the Orbiter configurétions.

3.2.1.1 Orbiter Feed System Dynamics - Series Burn - The dynamic character-

istics of the Orbiter LOX feed system were investigated to determine the minimum
pressure available to meet the pump NPSP requirements during the engine start
transient. This analysis was conducted using a MDC computer program. This program
utilizes the method of characteristics, together with feedline elasticity and fluid
compressibility, to solQe for the pressures and flowrates throughout the feed system
as a function of time., The program has been used previously to simulate the Thor

and the S-IC booster start transients with good agreement with test data.

The computer model includes the propellant tank, sump, isolation valves and

all line segments between the tank and the pump inlet. Since bellows and expansion

'joints which absorb flow energy and reduce the magnitude of the pressure oscilla-

tions were neglected, the model results are conservative, The frictional resistance
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of the feedlines and flow resistance associated with bends, tees, and valves were .
lumped at discrete locations in the feed system. The pump flowrate history and

vehicle acceleration history which were.iﬁput to the program were determined from

the engine thrust history, except that the flowrate history between the 15% and

100% power levels was specified by.a constant propellant acceleration rate of 1350
lb/secz. Additional data input to the program included propellant properties,

feedline lengths, diameters and wall thicknesses, propellént tank description and

component datum height.

The results of the simulation are presented in Figure 3.2.1-1, which shows the
pump inlet pressure transient for each of the three engines. _

The predominant frequency exhibited by the results is 3.5 Hz, the first organ
pipe mode between the tank and the pump. Cross engine modes are essentially non-

existent due to feed system symmetry and the fact that the engines were started
simultaneously. .

3.2.1.2 Orbiter Feed System Recirculation and Geyser Suppression—--Series Burn -

The major configuration differences affecting chilldown between' the current series-
- burn Orbiﬁer vehicle and the Orbiter as defined in the Phase B Final Report.include:
(1) disposable propellant tanks; (2) three HiPc engines in place of two; and (3)
revised line sizes and routing. (Engine heat loads (BTU/sec) and feedline/manifold
heating rates (BTU/hr ft2) have been maintained at the Phase B values.) The main
impact of the configuration differences is in the.flow rates and temperature pro-
files for the recirculation system. There is also at least one significant hardware
change: the LH2 recirculation pumps move onto the Orbiter side of the feed system

disconnects., This approach permits reuse of expensive hardware that has readily

attainable high lifetimes.

The trade studies and selections made during Phase B with respect to natural
recirculation through the engine for chilldown, LOX feedline insulation, and chill-
down flow direction remain valid for the current version, because the heating rates

have not been changed.

The Murphy geyser correlation confirms that there is no géysering potential in .
the LH

2 feed system or in the lower LOX feed system-below the crossover manifold.
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9 tank in a relatively ‘
high heat input environment will require geysering protection. The proposed method

However, the twin LOX feedlines which run the length of the LH

of suppression remains the same as in the Phase B report; namely circulation from
the tank into the downcomer line, through the crossover manifold, up the riser line,
and back into the LOX tank sump. The circulation is initiated by helium injection
and maintained by the.LOX density gradient. No propeilant in either line exceeds
168°R, so start conditions for the engine inlets are automatically maintained.

The topping flow to replace boiloff must bé conditioned to this temperature or lower,
and flows to the tank through the riser line. The échematic of the LOX system is
shown on Figure 3.2.1-2 and TaBle‘B.Z;l—l contains the significant performance
characteristics. Chilldown flow rate to provide the required propellant temperature

at the engine inlets is 17.6 lbs/sec, which is tapped off the main flow.

The LH2 chilldown takes propellant directly to fhe recirculation pump inlets
from the main fuel tank. It is then passed through the engines to accomplish chill-
down, and returns to the tank through the feedlines. The maximum temperature of the
LH2 in the feedline: is 40.5°R, which provides a minimum 1.3°R performance margin.
The system is schematically shown in Figure 3.2.1~3 and Table 3.2.1-1 contains the .

significant performance characteristics.

3.2.1.3 Orbiter Feed System Dynamics - Parallel Burn - The dynamic character-

istics of the LOX feed system for the parallel burn Orbiter configuration may be
inferred from the resuits-of the series burn configuration. As only one downcomer
is used, the propellant in the downcomer would experieﬁée double the drop in pump
inlet pressure of the series burn system if a simultaneous start were employed. To
limit the drop in pump inlet pressure to acceptable levels and maintain a reasonable
line size, the engines are sequence started. The amount of drea increase required
was determined fromvthe incompressible equation, which relates change in pressure to
change in flowrate. For the parallel burn configuration, this results in a feed-

line diameter of approximately 17 inches.

3.2.1.4 Orbiter Chilldown and Geyser Suppression — Parallel Burn - In the

parallel burn configuration, the main oxidizer feedline passes through the fuel
tank, Since the temperature differential between the LOX and LH2 favors heat trans-
fer away from the LOX, zero heat input to that portion of the LOX feedline was base-

lined as a conservative assumption. (G
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The LH, chilldown system for parallel burn is similar to the LOX system with one

important difference. |EEEEEG_———

In both the LOX and LH2 feed systems, geysering will not exist, but the topping
flow must again be conditioned to assure start quality propellant at all times once
.. the chilldown sequence begins. The path for propellant conditioning flow runs down
| the main feed system, through the engine passages dinto the chilldown collection ‘
manifold, and overboard through a base lifﬁoff disconnect. An adequate pressure head
exists to drive this flow without the use of recirculation pumps. Conditioned top-

ping flow maintains the propellant level in the tank.







i‘ft';“

MDC E0558
PART Il - VOLUME | 15 MARCH 1972

3.2.2 Reaction Control System (RCS) - The RCS controls attitude of the Orbiter

and also provides three-axis vernier translation velocity. The system is three in-
dependent modules, each containing a group of engines, propellant, pressurant and
associated controls. One module is located at the tip of the vertical tail, the
others mounfed-on each wing tip. The médule location, number of engines, engine

arrangement, and function are shown in Figure 3.2.2-1.

The RCS is pressure fed using monopropellant hydfazine decomposed by spontaneous
catalyst. Figure 3.2.2-2 is a schematic of the system. Ambient helium stored at
high pressure is used to pressurize a positive éxpulsion propellant storage tank in
each module. The propellant is distributed to the engines on demand as required to
satisfy the mission requirements. The capability of the RCS is summarized in

Figure 3.2.2-3.

FIGURE 3.2.2-1
BASELINE Rcs POD 2 ENGINE ARRANGEMENT

c2

.
- A2 - —— B2
CONTROL AXIS 0% 0RSIT REENTRY
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—— o 02, 03 02, 03
Al B ROLL oy 01; 04 ol, 04
~ AXIAL ) 81, D2 -
a1 TRANSLATION . AFT Al, A2 -
LATERAL RIGHT cl -
TRIISLATION  LEFT @ -
VERTICAL up 02, D4 R
TRANSLATION DO 01, 03 -

) ARRANGEMENT ENG
[HRUST | RUMBER A

400 32 6 6 161816

NE_NO. PER LOCATION
8¢ 13
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The module location for the podded system was provided in the follow-on base-
line. Using this arrangement, engine tHrust levels were analyzed to define the
most néarly optimum system. Figure 3.2.2-4 is a summary of engine requirements and
maneuver Eapability. The imbulse-requiremeﬁts are lowest at the minimum thrust
level Whichumeets the acceleration requirements. The 400 1b level matches the
acceleration réquirement approximately. This level is somewhat marginal for trans-
1ations; however, these requirements are least critical. The impulse savings war-
rant the slight undersized thrust for translation; The. number of engines was
selected from redundancy considerations. The baseline arrangement allows the
totél loss of any two RCS engines without the loss of the capability to provide

entry attitude control.
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3.2.3 Orbit Maneuvering System - The major velocity changes of the Space

Shuttle Orbiter from orbit insertion to retrograde, are performed by an orbit
maneuvering system (OMS). The OMS consists of two independent modules. Each
module contains pressurant and propellant suppliés, controls and plumbing, and a
single OMS engine. The modules are located within the mold line of the Orbiter's
base area, one on each side of the vehicle's centerline, reference Figure 3.2.3-1.
The system uses storable bipropellants, nitrogen tetroxide and Aerozene-50, to pro-
vide the total impulse required for the Orbiter maneuvers. Two 3500 1b thrust modi-
fied Lunar Module Ascent Engines (LMAE), one in each module, are used. Figure
3.2.3-2 provides a schematic of a single module; the second module is identical.

As shown, separate pressurization supplies are used for the fuel and oxidizer pro-
pellants to eliminate potential vapor mixing problems. Redundant components are

provided to satisfy Space Shuttle failure criteria.

The module tanks are sized to provide a 1000 ft/sec orbiter &elocity change;
i.e., 500 ft/sec from each module. The phantom lines shown in the schematic of
Figure 3.2,3-2 shows the components which would be added to provide for additional
AV capability. .
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3.2,3.1 Propellant Trade Study - A trade study was conducted to select the
best propellants for use in the Orbiter OMS and RCS. During the Phase B studies,

cryogenically stored oxygen and hydrogen propellants were selected for the base-
line. Later a smaller Orbiter was selected, with lower design requirements, and
the Phase B system was reevaluated. System scheﬁatics were generated to meet the

new design requirements and component weight models were developed.

Using optimized design conditions, the system weights and volumes were defined
and costs for systems operations, maintainability, RDT&E and investments were

estimated.

The propellants selected for this trade study cbnsisted of: (1) cryogenically
stored oxygen and hydrogen, (2) nitrogen tetroxide and either monomethyl or aero-
zine-50, and (3) monopropellant hydrazine. A matrix of system combinations was

developed. 1In addition, since the Phase B design integrated the RCS and OMS with '

the APU, ECS, and fuel cells, each RCS and OMS propellant combination included these

items.
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The resulting system weights for each combination are presented in Figure
3.2.3-3. In this analysis, the Phase B integrated 02/H2 OMS/RCS was used as a
reference. The 02/H2 and s;orable bipropellant:OMS_weights shown were based upon
the performance of the RL-10 and LMAE engines, respectively.

The integrated 02/H2 system proved to be approiimately 1100 1b lighter than
the next best candidate.

However, to completely assess the relative weight of the candidates, it is

>necessary to define the impact of the installed systems on vehicle structure, elec-

trical power and thermal control. In addition, assuming the use of common propel-
lants for the Booster and Orbiter RCS, the effect of the Booster RCS weight must be

included to bring the integrated systems to a launch vehicle level. The impact of
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these considerations is presented in Figure 3.2.3-4. As shown, the integrated cryo '
system is still the lightest. The storable configuration shows approximately a
4000 1b weight disadvantage, and monopropellant shows approximately a 2000 1b

weight disadvantage.

A payload cost of $5000/lb was used to define the cost of resizing the launch
vehicle for an equal payload. The costs for system development, investment and
operations,were also estimated. As shown in Figure 3.2.3-5, the integrated 02/H2
system is not cost competitive with the other candidates. With the same RCS propel-
lant, the cryogenic and bipropellant OMS have essentially the same overall cost.

The bipropellant OMS sysfem, however, includes a modified LMAE engine, incorpora-
ting a replaceable ablative "cartridge" and modifying the valves to allow reuse

- without an overhaul. Without this modification, the operational cost (estimated
@$104 M) for refurbishment of the LMAE engine results in a significant program cost

increase.

The storable system shows significantly lower costs during the initial RDT&E

'.- and investment phases. In addition the large propellant tank volumes inherent with

an OZ/HZ OMS will affect OMS pod de_sign, installation, ‘and cost, For these reasons .

the bipropellant OMS with a modified LMAE engine was selected as the baseline design.

As shown in Figure-3.2.3-5y a monopropellant hydrazine RCS is.approximately '
% $20M lower than the bipropellant RCS. Although this.cost analysis was performed for
= a nonmodular RCS, the factors would be of the same magnitude for a modular RCS.

Thus, monopropellant hydrazinelwas selected for the baseline modular RCS design.

FIGURE 3.2.3-4
HO ORBITER

INTEGRATED SYSTEM/VEHICLE WEIGHT COMPARISON

[

YSTEM - OMS | H,/0, K0, ‘ NTO/A-50
- ACPS | H,/0, NTO/A-50 Ny | NTO/A-50 NoH,
APY ’
TEN Hy/0, oMy NoHy KoMy N M
SYSTEM WEIGHT 33,352 34,399 36,982 38,592 41,030
WING POD WEIGHT 70 120. 120 120 120
ELEC. POWER WEIGHT | =~----- 512 “m 512 m
PROP. THERMAL CONT. | =----- 100 © 50 100 50
BOOSTER ACPS - NET | =—----- -374 <320 -354 -320
PAYLOAD IMPACT ‘
TOT. INT. SYSTEM 33,422 34,821 17,003 38,970 41,051
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FIGURE 3.2.3-5
ACPS/ONS/APU COST COHPARXSON - ORBITER (l,=230, 000 LBS)

Jﬂmﬁﬂliﬂh&ﬂﬁﬂﬁs
SYSTEM - - OMS° | | uzloz 1 W, NTO/A-S0
. o R IS L R A L RN
_ LN W Nylly Nyt WM,
SUBSYSTEH OEVELOPHENT - ofF S L :
oS N R D 20( 2 M
ACPS 1 - a8 | -160 27 -16)
AU o SR =T I S 18 -8
ECLS/FUEL CELLS S i " 2
SUBSYSTEN SUPPORT o .35 -45 5@ | @
TOTAL SUBSYSTEM ROTSE - adH - S YT A -196 <221
INVESTMENT (4 ORBITERS) - a8 | - | -18 -23 203 1 03)
) - off .
PAYLOAD EFFECT @ 5000 $/LB 2 17 | 18 28(%) 38l4)
NET a COST - $/R 8 s | ower | am | 20
OPERATIONS PHASE - a$H A o
ACPS MAINTERANCE * -8 12 8 12
OMS ENGINE REFURBISHMENT o 17(8) 17(8)
OPERATIONS :
PROPELLANT 6§ 5 18 18
GSE A 9 3 9 9
TOTAL NET & COST - a$® . -130 Cassc | 137 -154

$2M INCREASE FOR SUBSYSTEM SUPPORT OF MODIFIED ENGINE PROGRAM
CHANGE IN CHAMBER PRICE NEGLECTED
id IMPACT ON VEHICLE SIZE TO MAINTAIN PAYLOAD. PRIMARILY RDTAE COST
CHAMBER REPLACED EACH FLIGHT; INJECTOR EACH FIFTH FLIGHT: ENGINE EACH TENTH FLIGHT

{l $7H IHCREASE FOR DEVELOPMENT AND QUAL FOR MODIFIED ENGINE

3.2.3.2 Alternate OMS Engines — The storable propellant baseline included two

existing Lunar Module Ascent Engines. This ablatively cooled engine is life limited
and has been demonstrated only to 1000 second continuous burn times. This total
time, with a number of burns and subsequent soak-out, is required for one 1000 fps
desigﬁ mission. Therefore, the engine is not capable of completing some of the
potential missions. Thus, a group of alternates were examined for an OMS engine,

as shown in Figure 3.2.3-6. Candidates include existing, new high thrust, and new

low thrust clustered engines.

As shown, payload effects are relatively small. Otherwise, the most signifi-
cant factors are low thrust-to-weight with failed engines for the LMAE and RCS
engines. Figure 3.2.3-7 is a vendor cost comparison. (No program and system inte-
gration increments of cost have been added.) The IMAE and LMDE development and
maintenance costs were derived from Rocketdyne and TRW data. Other engine data was
derived to be consistent with these Lunar Module engines. The Agena engine is not
man-rated; therefore, a cost increment was added with contingency for occurrence of
stability problems (technical risk). The results show the IMAE and LMDE to be

equally cost effective and lowest cost of the alternates. Installation of the

B.3-57



MDC E0558

PART 1~ VOLUME I

ALTERNATE STORABLE 0M:S ENGINES

FIGURE 3.2.3-6

15 MARCH 1972

SYSTEM LRAE (MOE | DELTA AGENA NEW ACPS
CHARACTERISTICS (BASELINE) oMS ENGINE
OMS PROPELLANT NTO/A-50 | NTO/A-50 | NTO/A-50  [IRFNA/UDMH NTO/N,H, | NTO/MoH
ENGINE THRUST 3500 10,000 8,000 | 16,000 6,000 400
NUMBER ENGINES 2 2 2 2 2 12
 THRUST/MEIGHT .029 083 067 133 .05 .02
OMS WETGHT 23,212 23,967 | 23,895 24,298 22,002 | 23,97
ACPS PROPELLANT NHy NoH, NyHg NpH, Ny | NTO/mm
ACPS WEIGHT. (1) 10,370 10,370 | 10,370 10,370 10,370 9,27
COMBINED WEIGHT 33,582 34,337 | 34,265 34,668 33,272 | 33,238
4 WT. FROM B.L. (REF.) 755 683 1,086 - 30 |- 3
(1) BASELINE WING/TAIL POD ACPS
FIGURE 3.2.3-7
"VENDOR LEVEL COST .COMPARISON
LMAE LMDE DELTA AGENA NEW ACPS
ITEM ENGINE | ENGINE
SHUTTLE DEVELOPMENT 34 | -34 | weM [ as -3.4
CONCEPT IMPACT ~ ‘ _ 2z
MAINTENANCE COST g - 5.9 18.3 - 16 -2 |-16.2
INVESTMENT COST £ 7 -4 -1 ROV
PAYLOAD RESIZING COST = 9.4 8.5. 13.6 -3.9 |- a3
TOTAL -a COST SN . .8 23 n.a 13.5 - 3.0

(1) AGENA ENGINE REQUIRES MAN RATING AND MULTI-START MODIFICATION

{(2) PROPELLANT TRADEQOFFS HAVE SHOWN § 27M COST & BETWEEN N,H,/BIPROP ACPS
{3) PAYLOAD SIZING COST BASE = 12,500 $/LB '

larger LMDE, however, has not been included in the evaluation. The results include
Ct;JSt' estimates of engine refurbishment and maintenance frequency. Figure 3.2.3-8
illustrates the sensitivity of program costs to these factors. Increased mainten-
ance cost can qu'ickly erase the advantage of an existing but life-limited engine.

Therefore, the new engine is favored.

The decision then is based on program incentives. If early funding rate must
" be minimum, the existing engine should be used, accepting increased operational

cost. If an increment of approximately 20 million dollaré/year for 2-3 years can

be accepted into the RDT&E phase spending, then a new OMS engine should be selected.
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‘ o FIGURE 3.2.3-8 -
OMS COST SENSITIVITY ENGINE REFURBISHMWENT COST

0 CURRENT ANALYSIS COMPARISON POINTS

LEA NEW OMS
. ($5.4 W DEV.) _
14} : ($50 K DEV.)
12}
1of
4 8t
g of
" ol LEMDE
§52» $2 M DEV.)
f
58 °f '
u.g or
55 [
S g 27
:
g 61
a at_
10} NEW OMS
b $25 K DEV.)
22 }
{
14} ; — ‘ N —,
: 0 3 4 50 60 . 70 80 -90
o . AVE ENGINE REFURBISHMENT COST « THOUSAND DOLLARS
’ - LEMA LIFE - 1 MISSION . '
- LEMDE LIFE - 3 MISSIONS

NEW QMS - 50 MISSIONS .

3.2.4 Airbreathing Propulsion - The airbreathing engine system is provided on
the initial orbital flights and on the resupply orbital missions for the puréose of
glide raﬁge extension after deorbit. With 2000 1b of JP-4 the glide range can be
extended about 24 nm. Airbreathing engines are also used during the horizontal
flight tests and for ferry missions. With 40,000 1b of JP-4 the nominal ferry
range is about 440 nm. with a 25% fuel reserve. Ferry mission take-off is assisted

with solid rockets to attain balanced field capability for hot day conditions.

For orbital missions, two engine pods are mounted externally on the aft
fuselage as shown in Figure 3,2.4-1. Each pod contains one engine. The pods have
ablative material on the exterhal surféces, a protective inlet cover (which is
blown off prior to engine starting at about 40,000 ft), a nozzle space radiation

cover, insulation, and internal thermal control radiators. See Figure 3.2.4-2.

The ferry/flight test engine pods are attached to the Orbiter aft fuselage in
the same location as the orbital pods. In this casé, however, each pod contains
two airbreathing engines as shown in Figure 3.2.4-3, These pods are similar to

‘ conventional aircraft nacelles with inlet anti~-icing, ground stérting capability,

fire extinguishing, etc.
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FIGURE 3.2.4-1 ‘

AIRBREATHING ENGINE SYSTEM INSTALLATION
ORBITAL CONFIGURATION

PRESSURANT TANK

— FUEL. TANK
PRESSURIZATION SYSTEM:

" REGS, VALVES, CHECKS

o FUEL ISOLATION VALVES ENGINE ISOLATION VALVE
FUEL & PRESSURANT . - .
FILL/DRAIN DISCONNECTS
> INSIDE WHEEL WELL

FIGURE 3.2.4-2
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‘ - FIGURE 3.2.4-3
\ ALRBREATHING ENGINE SYSTEM INSTALLATION
FERRY CONFIGURATION

FUEL TANK

PRESSURANT TANK

ENGINE

FUEL AND PRESSURANT : ISOLATION
FILL/ORAIN DISCONNECTS T VALVES

INSIDE WHEEL WELL

Both the orbital and ferry/flight test configurations use the F101/F12A3
.turbofan engines. The enginés will require sufficient development modifications
to withstand the space environment, including separate oil storage, dry fuel con-

troller, vacuum compatible seals and gaskets, etc.

The fuel system for both configurations utilizes a GN2 pressure feed with

fail operational/fail safe redundancy where practical.
The system schematic is presented in Figure 3.2.4-4,

3.2,5 Solid Propellant Abort Subsystem - For the 068B orbiter, the abort

subsystemconsists of two solid propellant rocket motors mounted over the wings.

The motors were sized by the requirement to thrust the Orbiter away from the
Booster and the external HO tank in case of an off-the-pad abort. The motors pro-
duce a total of 800,000 1b séa level thrust and burn for 6.5 seconds to loft the
Orbiter to about 4000 feet. Aerodynamic controls are then used to land on a run-
way located about one mile from the launch pad. A similar procedure is followed

if an abort is necessary during the initial 40 seconds of ascent. After that time,

. the additional energy from the motors is not required for an intact abort. Therefore
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‘the motors are burned to furnish additional ascent velocity. The motor cases are

retained until staging and then jettisoned to avoid carrying the extra weight to

orbit. Key features of the selected motor are presented in Figure 3.2.5-1.

FIGURE 3.2.5-1

SOLID PROPELLANT ABORT MOTOR FEATURES

Thrust 400,000 (S.L.)

Burn Time 6.5 Sec

€ _ 5

ISp | 235 (SéL.)

Total Impulse : 2.6x10" lb-sec per motor
Mass Fraction .82

Propellant Weight 11,000 1lb/motor

Inert Weight 2,400 1b/motor

Total Mofor Wéight 13,400 1b/motor
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‘ 3.3 Avionics

The Orbiter avionics system baseline design was guided by requirements in
NASA directive TD-78. Detailed system development and evaluations wére accom-
plished for the avionics baseline requirements under Contract NAS 8-26016, a _
separately funded avionics study. The key system features and recommended baseline
configuration resulting from this study effort are summarized in this report.
Detailed results of subsystem studies and evaluations are presented in the Avionics

Final Report MDC E0568 dated 15 March 1972,

The baéeliné avionics system architecture is summarized in Figure 3.3-1,
Redundancies are noted in the lower right afea of each equipment block. Components
are grouped generally with the following subsystems:
6 Aeroflight Control _
o Spaceflight Guidance, Navigation and Control
o Communications and Tracking
o Operational Instrumentation
. o Displays and Controls, Caution, and Warning
. Do o Payload Handling A
The avionics system implements each of the functions with separate dedicated
subsystems with minimal interfaces. Each subsystem design is multiply redundant,

with hardwired functional strings, and management at the subsystem level.

3.3.1 Aeroflight Control - The MDAC aeroflight evaluation concentrated on

four aeroflight control system configurations which cover the tradebffs of analog
vs digital implementation and dedicated aircraft flight control vs integration
with spacecraft guidance, navigation and control. Candidates 1 and 2 represent a
digital implementation of the vehicle attitude rate stabilized inner loops with
Candidate 2 also including the autopilot and auto-land functions. Both candidates
include a minimal backup anaiog stabilization implementation that will satisfy
level 3 handling characteristics. Candidate 3 is an analog AFCS for only the
inner rate loops, with all aﬁtopilot functions performed in the spacecraft
computer. Candidate 4 integrates the AFCS functions into the spacecraft GN&C
computer. A block diagram of Candidate 2, the recommended design, is shown in

Figure 3.3-2,
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The recommended configuration features the stabilization and autopilot
functions contained within a dedicated digital AFCS computer. A manual backup
mode, using analog attitude rate control ?nd providing Level 3 handling character-
istics, is also included, since it reduces flight development risk and provides
an alternate control mode in case of multiple hardware or software failures.
Triple redundancy is used for. the primary and backup AFCS components. The aero
actuator electronics are quad-redundant. They provide voting of the AFCS outputs
and switching and fade-in from the primary or backup AFCS or the spaceflight computer
steering inputs to drive the surfaces during ascent. The aeroflight computer
interface with the spaceflight computers is a digital link and contains attitude
steering, navigation and aileron trim for surface control during entry. A

separate analog interface from the spaceflight computer drives the control surface

actuator electronics during the mated boost phaée.

The triple redundancy in both the primary and backup channels allows‘voting

for absolute failure detection and switchover. The goal to be flyable after two

- failures, including software, results in using three backup channels, to allow

voting of the second failure.

The secondary servos and amplifiers are quad-redundant with force summing on
the outpct. If one channel has a hardover failure, the other .channels will over-
come it and a delta pressure feedback will detect and shut off the bad channel.
This also protects against electronic voter failures.. The use of the voter in

the backup channels also minimizes the tracking accuracy required between channels.

The minimal backup electronics needed-to achieve Level 3‘hand1ing character-
istics depends upon the level of vehicle aerodynamic stability. Rate feedback and
augmentation networks are indicated, but may not be required, and the backup
electronics would then consiét cf shaping controller pickoff signals, signal and

gain switching, fading and amplification.

The key factors leading to the selection of our recommended design are that

while the initial cost of‘analog implementation is less ($11.9M vs $22.8M) the

'digital is more flexible and better able to cope with changes in vehicle aero and

structural characteristics, desired flight controi ﬁodes, etc. Results of an
AFCS change impact study indicate the total AFCS cost, including changes, would be
nearly equal for an analog or digital implementation; however, the longer time

required to incorporate changes in the analog AFCS could impact the schedule.
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Although certain changes could be phased in within the normal flight test schedule,
the flexibility of the digital design permits committment to a high confidence, low
risk development program within sghedule and cost constraints. We have selected a
dedicated digital AFCS because it allows flexibility for change and permits an
independent decoupled development.of the aero system with minimal organizational
complexity. It also facilitates the earlier delivery with less risk of the AFCS
system delaying horizontal flight test. Our recommended design incorporates the
autopilot functions and autoland mechanization into the digital AFCS so that these
capabilities can be adequately exercised in the horizontal flight test. Entry
steering, and energy management computations are done in the spacefiight GN&C

computer.

3.3.2 Spaceflight Guidance, Navigation and Control - The subsystem constitutes

a triply redundant digital inertial guidance, navigation and flight control sub-
system which provides steering, engine, sequencing, and trim commands to the
vehicle. It operates as a pure inertial navigation system during ascent and as a
radio aided inertial navigator on orbit and during descent. During descent, the
functions ‘are modified as-the vehicle transitions from the spacecraft to the

aircraft flight regime. A system block diagram is shown in figure 3.3-3.

.Each computer and I/0 has a dedicated rate gyro set, keyboard, CRT, and a
semi-dedicated IMU. The optical sensor, aif_dété,wand navigation radio signals
are shared by all three computers. All compﬁters operate simultaneously with one
computer selected to be in control. The IMU dedication is uhique in that
alignment and calibration control are dedicated but outputs from each IMU may be
manually selected for use bj any computer. During time critical periods -- boost,
reentry, landing, etc. -- indication of a malfunction would call for the GN&C to
be switched as a set. During quiet periods, the sets could be reconfigured via

the keyboard to direct selection of substitute IMU data in case of IMU failure.

The computer I/0 is subdivided into dedicated and power switched sectioms.
The dedicated sections operate continuously accepting inputs and providing outputs
to display. The outputs which constitute commands go through the power switched
section. The computer equipment set to be in control is selected by applying

power to the power switched section of the I/0.

The total memory requirements identified tentatively permit sizing the com-

puter memory at 38,000 words with a 50% margin for growth and flexibility in
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. FIGURE 3.3-3

programming. Likewise, a machine speed of 1.5-2 micro—seconds provides a 100%
margin in execution time for the processing identified. Availability of machines
with characteristics meeting those requirements was verified in a tour/survey of

computer manufacturers.

' In order to establish the required characteristics for inertial navigation
hardware in terms of accuracy, drift, alignment, etc., a series of performance
analyses have been conducted. The numbers derived were utilized in making error
models for the inertial components. These error models were used in seeking
current availability of IMU hardware for implementing the subsystem. A tour/survey
of IMU availability including gimballed, and strapdown IRU's was conducted.

The conclusion drawn is that any of a number of current equipments would meet
the requirements identified; no clear cut preference for a particular class
or make of equipment emerges, and the costs of the various approaches is

comparable within the uncertainties of the cost estimates used. Consequently, it
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is concluded that the GN&C subsystem should be configured to accept any of the
alternate IMU configurations. This conclusion and the results of reliability

analysis have dictated that IMU cross—-strapping be provided.

The GN&C subsystem provides attitude control outputs to booster and
orbiter main engine TVC during ascent, to ACPS on orbit and during entry, and to

the aeroflight sﬁbSystem during descent and landing.

The TVC electronics is quadruply redundant and interfaces channel for channel
with the secondary actuators. The control outputs from the GN&C Computer Power
switched I/0 also are quadruply redundant. They are transmitted as four each
Pitch Yaw and Roll gimbal commands which are independantly combined in each of the
redundant control electronic channels to produce the appropriate gimbai deflection
for éach each engine. In addition, aerosurface control outputs directly to

aerosurface actuators are provided during ascents.

The valve driver electronics is triply redundant corresponding to the
valve redundancy. The signal path from the Power Switched I/0 of the GN&C
Computer is dual redundant and each of the two control circuits interfaces with
all thrée valve drivers on each engine,. The manual direct electronics utilizes

the .same dual--redundant signal paths as the computer derived commands.

During descent, guidance and trim commands generated in the Spaceflight GN&C
are transmitted to the Aeroflight Computer for shaping and aerosurface command

generation.,

During landing, pitch and roll attitude angles and inertia velocity referenced
to the runway are transmitted for attitude stabilization and for complementary

filtering with MLS signals in generating autoland steering commands.

Studigs have been conducted to determine the time criticality of faults to
establish the time available for switching from a failed set. For attitude control
functions, the worst case situations involve failures caused by I/0 power loss,
rate gyro hardover, or attitude reference loss. For sequencing functions, the
inverse approach has been taken by providing a sequence control and arming panel
by which critical discrete commands can be manually inhibited until the time in the
flight sequence when they nominally occur. Design alternatives, providing for
automatic switching, have been examined for use in the event that the time

criticality precludes this remaining a manual function.

The primary method of subsystem fault detection is manual, using the opera-

tional displays to compare the behavior of the three systems with each other and
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with nominal for the appropriate flight situation. This process is aided by
Built-In-Test (BIT) in each Line Replaceable Unit (LUR) which detects and indicates
malfunctions. In addition, a form of data validation, comparison and reasonable-
ness testing is carried out in each computer for selected sensor inputs. Critical

malfunctions are indicated on the caution and warning system.

3.3.3 Communication and Tracking System

3.3.3.1 Aeroflight Communications and Tracking Subsystem -~ This subsystem
provides for all communications tracking and radio navigation functions required

after entry with the exception that the space flight unified S-Band system is also
used when landing at sites with S-Band capability (e.g., KSC).

Triple redundancy is used for critical flight functions required for landing
and for the audio center equipment which is required for orbital flight as well as
aeroflight,

The TACAN sets measure bearing and slant range to the selected ground stations.
Raw bearing and range are displayed on the horizontal situation indicator (HSI) and are
used to update horizontal position within the space flight guidanée, navigation
and control computer after entry. |

The microwave landing system navigation outputs are elevatién,»azimuth, and
slant range, all relative to the landing site. These outputs are directly displayed
on the HSI and are processed in the aeroflight control computer to form the flight
director commands displayed on the flight director altitude indicators (FﬁAI). The
distance and elevation outputs are processed to provide a precise altitude reading
used for final flare and landing. Morse coded ground station identification signals
received by the microwave landing system and TACAN sets are sent to the audio
control centers so that the crew can aurally verify that the proper ground stations
are being used for Orbiter navigation.

The selected military UHF transceivers have 3600 channels within the 225 to
400 MHz band. Any of the channels are selectable by the -crew. Both sets can be
operated simultaneously for two channel capability.

A single voice actuated memo pad recorder is included onboard. The unit
provides 10 hours of voice recording.

The audio equipment provides for voice communications among the crew througﬁout

the vehicle, manned space flight network (MSFN), and docked vehicles. The audio
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equipment also disseminates aural identification tones and caution and warning tones .

generated by navaids and the C&W subsystem.

Two key issues shaping our recommended system include the quesfion of auto-
land capability and landing aid selection. Studies and simulations indicate that
autoland capability is not requiréd to accomplish powered or unpowered landings.
However, autoland capability will significantly improve the probability of
mission success. Commercial airline statistics indicate that only one-sixth of the
go arounds are due to ground or onboard equipment failures and one-third of the
go arounds are due to pilot technique errors, Therefore, automatic landing
systems would greatly reduce the largest cause of errors (pilot technique errors)
that could cause unsuccessful landings. Also, the higher Shuttle electronic
equipment redundancy levels will reduce (over airline practice) the probability
of unsuccessful landings due to equipment failure. The Shuttle schedule indicates
that the most cost effective time for the development of autoland capability is
during the ‘-horizontal test phase. This allows for development of the autoland
capability concurrently with meeting other flight test goals. However, it is
believed that ‘the first vertical flights do not require autoland capability.

Therefore, autoland development can be extended (if necessary) without schedule ‘

Aimpact on Shuttle.

Factors which have led to the recommendation of .the FAA microwave landing
'~system-with ILS. for early horizontal flight test only include:

(1) Existing ground radar landing systems (SPN-42 shipborne) are very costly
and landing site radars are/will not be deployed for general use.

(2) Precision ranging systems (PRS) have ‘never been used for operational
landing systems thus much development is required for autoland. PRS
ground stations will not be deployed for general use.

(3) ILS is available and is deployed, but it requires a good site and control
of vehicular traffic in the vicinity of the landing site for Category III
autoland. ILS antennas are larger than those required for other systems.

(4) The MLS is currently under development by the FAA. It is being designed
for autoland and will be free of normal sighting effects and will not be
adversely affected by local vehicular traffic, The MLS will be widely
deployed and will become the national landing system. No interim system
is required for vertical flights with this approach providing current

FAA MLS development schedules are met. .
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3.3.3.2 Spaceflight Communications and Traékigg Subsystem -~ The communications

and tracking subsystem is utilized in the space flight mode to pro?ide voice.
data, and television communication, as well as rendezvous and orbit navigation
data for operation of the vehicle and payloéd. This system operates at S-Band in'
a configuration compatible with the Apollo MSFN stations and formats., Two
equipment sets operate at multiple frequencies to provide protection from single
failure loss of capability and, withoutAfailure,to provide simultaneous operation

in several operating modes.

In accordance with the NASA directive, utilization of the Apollo VHF
rendezvous écheme'hés been examined in detail. However, a comparison tradeoff
study indicates use of the S-Band equipment for rendezvous provides increased
capability at lower cost,

The Orbiter-MSFN interface is utilized during on—orbit operations to provide
fiming and navigation update for reinitializing the onboard state vector.from MSFN
tracking daﬁa. If also provides the two-way voice link for communication between
the Orbiter and ground as wéll as a wide band downlink for transmitting Orbiter
TV signals to the ground. A narrow band (72 KBPS) data downlink is utilized for
telemétry from the operational instrumentation system. Stored data from the

operational instrumentation recorder is dumped on command at 1 MBPS using the MSFN
range code turnaround channel. Range tracking data is interrupted during the data

dump interval or the stored data may be dumped via the TV FM transmitter without

interrupting range tracking.

The uplink also providés ground control of selected omboard functions,
including data dump and antenna selection. In addition, it p;ovides for communi-
cating rendezvous target orbit data and landing site coordinates whenever these

are required.

The Orbiter to space station or Orbiter to Orbiter interface is utilized
during rendezvous by the active vehicle to extract rendezvous range and range-rate
data. In addition, a two-way voice link is provided for coordinating operations
and the relative alignment between the two vehicles. A two-way data link is
provided for data exchange. The inactive vehicle utilizes its MSFN transpohder
while the active vehicle uses the inverse transpdnder'frequency and performs the

ranging function.

The design of the C&T subsystem is based entirely on existing equipment. The

antennas proposed are those used on the Apollo command modﬁle,,the television is
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baselined as the color camera and monitor used in the Apollo Lunar Module. The

S-Band equipment is derived from that used with Apollo.

Direct S-Band communications is recommended for early flights because the
ground facilities exist and network performance has been demonstrated. The
ground network to be used for the early flights will be the Space Tracking and
Data Network (STDN) which is being formed from the exisfing Manned Space Flight
Network (MSFN) and the existing Space Tracking and Data Acquisition Network (STADAN).

When available, the Synchronous Orbit Tracking and Data Relay Satellite
(TDRS) system will be used for orbiter communications. The use of TDRS will
allow a reduction in STDN stations (to reduce costs) and will provide for
communications coverage nearly 100% of the time. Conventional VHF/UHF air traffic

control communications is used for voice communications to the landing sites.

3.3.4 Operational Instrumentation System - The Operational Instrumentation

i System (OI) includes hardware and software required for data acquisition,
},processing, analysis, storage and distribution of information to the crew and other

‘?fusing subsystems. In addition, it provides backup capability to the caution and

" warning system, backup computational support for the Payload Manipulator System,

o

. and command and stimuli generation prelaunch checkout and servicing operations.

-A system black diagram is shown in figure 3.3-4.

The 0I is controlled through crew_commands via the 0OI paﬁel switches and
keyboard. The computational requirements, data acquisition functions, etc.,
are performed iﬁ two redundant compﬁters which.are identical to the GN&C
computere. ‘Data is collected by redundant Remote Multiplexer Unit (RMU) strings.
Signal conditioners are incorporated to provide excitation and conditioning for
remotely located transducers'and'isolation/buffering for other subsystem measure-

ment pickoff points.

Onboard recording for post-flight maintenance and anomaly investigations is
accomplished via redundant permanent storage maintenance recorders and temporary

storage loop recorders.

The telemetry downlink is via the S-Band transmitters, upon command from the
crew or the ground. The real time bit rate is 72K BPS and the delayed time bit
rate (high speed dump from the maintenance recorder) is 1.024 M BPS.

The OI computer can be loaded from the mass memory with the payload
manipulator system (PMS) software program requirements and can serve as a PMS
computer in case of a PMS computer failure.
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The systems monitor station and the center console keyboard are used by the

crew to call up measurement displays on the CRT's, to enter constants into the OI
computer, and in general to communicate with the OI computers. CRT background '
data is called up from the mass memory, and current measurement or other data is

overlayed on the CRT background by the OI computer.

- The Ground Command Decoder (GCD) provides onboard. command dist;ibution and
stimulus generation used during prelaunch checkout and servicing opérations
(e.g. propellant valve commands and rate gyro analogue torquing signals). The
ground complex sends these signals in digital form via a multiplexed line and
the redundant GCD's generate the individual outputs. The GCD's are powered off

in a fail-safe manner at lift-off.

‘ 3.3.5 Displays and Controls, Caution and Warning - The command pilot has the
displays/controls to exercise executive control over all flight critical mission
phases. He has prime responsibility for all time critical ascent functions and is

the only crewman having access to the abort handle. He assumes the lead role in
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system configuration and control/monitor for orbital burn executions, nose-to-nose
docking, and reentry and landing. He is also qualified for the payload manipulation

station operations.

The pilot functions as the,néviggtor,1communicator, and subsystems manager to
relieve the command pilot of these tasks. However,.in the conventional side-by-
side arranged flight deck, as shown in figure 3.3-5, he has.the displays/controls
to be a backup to the command pilot. He is also qualified for the payload

manipulétiqﬁ station operations.

The systems monitor station serves é dual function. It contains displays/
controls that interface with the vehicle subsystems and with the payload. The
systems monitof configures the instrumentation and communication subsystems to
acquiré the vehicle maintenance and fault data. The CRT/keyboard terminal at
this station is used also to monitor this data on board. This data is used to guide
the prew:iﬁ-systems recdnfiguratidn'and pre-phase checklists. The same CRT/ _
keybdard/computér combination is used also for péyload control/monitor funétions.
This-arraﬁgement'allows.several'missions to be flown without the dedicated payload

monitor and station.

The payload monitor station is used to supplement the capability provided
at the systems monitor station. The payload monitor will be responsible for any

EVA activity associated with a payload:

The payload manipulator station is unmanned except during payload handling
periods on orbit. . It is manned by one of the pilots, since flight critical
vehicle control must be executed in the process of station keeping or deploying/

retrieving a payload module.

The primary flight control display set for each pilot consists of the éonven-
tional electromechanical "BASIC SIX" plus a CRT/keyboard terminal. The "BASIC SIX"
includes the flight director attitude indicator (FDAI), and the horizontal
situation indicator (HSI), plus the four air data dials indicating Mach/airspeed,
angle 6f attaék,'barometric altitude, and vertical rate of descent. The CRT

display is\used for support of flight situation graphics and data pad formats.

The crew/computer communications link consists of a CRT, keyboard, symbol
generator, and magnetic tape set. The keyboard is used to call up displays and

enter update data into computer memory. The magnetic tape unit performs a dual
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FIGURE 3.3-5 COCKPIT ARRANGEMENT

function by storing all the background display data and formatting instructions
for the CRT display presentations and by storing computer mass memory data to

provide for computer reprogramming on the ground or in flight.

The basic vehicle attitude controller is the new design dual function sidearm
controller. The operation includes a crossfeed position tracking capability in
the aero mode. This master/slave mode provides for transient free takeover by

the backup pilot.

The Caution and Warning (C&W) system alerts the crew, via audible and visual
outputs, to impending vehicle/equipment failures or hazardous conditions. The
system provides for 10 aural alert tones and 220 dedicated function annunicator
lights. There are 2 caution level tones, 1 common warning tone, and 7 unique
warning condition/situation tones. Most of the annunciator lights are grouped
in a matrix on the main flight deck overhead panel. The rest are distributed at
other stations and on subsystem management panels. For example, 32 lights are
schematically arranged on the center console to show failed and/or isolated ACPS
jets. A functional diagram of the caution and warning system is shown in figure

3.3-6.
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FIGURE 3.3-6
CAUTION AND WARNING SYSTEM

EECELELEAN

CONTROLLER
. AL aNIT

~#% . The implementation provides for dual redundancy- of the caution and warning.
function. A hardwired system, with dedicated circuits for signal conditioning,.
limit detection, lamp and tone driver functions, provides the primary system,
This systém drives one of the dual lamps in each annunciator light. The other
lamp is activated due to similar logic implemented in the Operation Instrumentation
(OI) computer, using data derived from the data acquisition system. Each tone
and annunciator light can be inhibited to override annoying outputs. Blue lamps
indicate which system has been inhibited. The design provides for electrically
alterable limits for the analog input channels. The OI'computer‘software can be
changed accordingly. For the primary hardwired system, new limits can be
injected with ground support equipment. The circuitry design provides for a
limit reset capability over the entire input range. A built in memory function

is provided to store past annunciator bulb commands. The crew can call this

memory function display upon command and can also reset the memory to initiate a ‘

new memory period.
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3.3.6 Payload - Serial digital péylgad"data interfaces with the instrumenta-
tion computers at a rate of 12.8 KBS (400 words of 32 bits each second). The
interface shown in figure 3.3-7 is dual redundant with dual payload data flowing
into both instrumentation computers. . This data flows into 8000 word memory module
in each computer which is dedicated fo payload use. The programming requirements
for the 8K module are‘generaped by the payload céntracto; and supplied to the
Orbiter contractor for coding. - Two more 8K payload modules can be stored on
the mass memory and loaded-at anytime via keyboard initialization. The input
data processing section of the 8K module will typically be programmed to read
the 400 words/éec from both payload data channels, check limits on health data and,
compare the data from,the two inpuEAchannels for out éf tblerance parameters.

There are three basic soufces of data évéilable for transfer;from the instrumenta-
tion computef'to.the payload over the 3.2 KBS data line (100 words of 32 bits per
second). TheAS—Band upliﬁk goes to the instrumentation computer. This data can

be designated to go into the 8K paylbaa mddule where it can bé'rélayed as required
to the payload. GN&C data goes into the instrumentation;computer and is aécessible
to the payload through the 8K payload module. "The third source of data available

to the payload is the keyboard at the center console and systems monitor station.

Handling station eiectronics include,the servo amplifiérs féquired to apply
the proper;force feel in the manipulator hand controllers. These electronics
also route controls either through the manipulator computer or direbtly to the
arm electronics, as is the case for the backup mode. The present §p§rog6h is
to use a dedicated computer for the ﬁanipulator where the unit isAfhe same as
the aeroflight unit (12K - 16 bit memory).. The manipulator computer receives
manipulator joint angle commands from the hand controller and compares them to
the actual manipulator joint angles. The angle differences are used to send
commands to the manipulator and also to send force feel commands back to the
hand controller. The manipulator computer will determine when the manipulator
can not handle the dynamics of the payload and then send pitch, roll, and yaw
commands to the ACPS. The instrumentation computers are used to back up the

manipulator computers.
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FIGURE 3.3-7. é ‘
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3.4-Crew Station

3.4.1 Environmental Control and Life Support -

Cabin Heat Transport and Heat Rejection - Dual redundant loops, using water -

as a coolant, provide for heat transport in the cabin. The cabin heat load is
rejected to the radiator coolant loops by interface heat exchangers. If necessary,

two pumps can be used during peak loads.

Radiator Heat Transport and Heat Rejection - Dual redundant loops, using

Freon 21 as a coolant, provide for heat transport external to the cabin. The total
vehicle heat load is rejected by a deployable space radiator during normal on-orbit
operation. A GSE heat exchanger and expendable heat sink are also available for
heat rejection in these coolant loops. The expendable heat sink utilizes water as
an expendable to supplement the radiator during periods of peak on-orbit heat-
loads. From the time that the space radiator is retracted and stowed in the cargo
bay until an entry altitude of 100,000 ft. is reached, heat from the radiator
cooling loops will be rejected into the heat sink, utilizing water as the expend-
able. From 100,000 ft. altitude to landing, Freon 22 is utilized as the expend-
able. If necessary, two pumps in the coolant loops may be operate& during peak

on~orbit loads as well as for higher reentry heat loads.

Cabin Temperature Control - The cabin temperature is maintained within the

required limits by a cabin heat exchanger, utilizing the cabin water coolant loops
for removing the electrical, chemical and metabolic heat loads from the cabin
atmosphere. The cabin temperature is controlled to any point between 65°F and
75°F (within the system capability) by bypassing air around the heat exchanger as
the cabin sensible heat load is reduced. Heating is provided, if required, by an
electrical heater in the air bypass line.

N

Cabin Humidity and Contaminant Control - Humidity control is provided by the

same cabin heat exchanger which condenses moisture from the cabin atmosphere. A
minimum air flow rate is maintained through the heat exchangef to assure that
humidity requirements are met. under any sensible heat load condition. Condensate
is collected in an inertial device downstream of the heat exchanger and pumped to
the waste water system by a rotary phase separator. Lithium hydrokide is utilized
for CO2 removal. The LiOH is stored in replaceable canisters, each capable of
four man-days of operation. Manual replacement of a canister is required once per

day.
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Trace gas cataminants are removed from the cabin atmosphere by activated ‘
charcoal.

Cabin Ventilation - Ventilation is provided by process flow fans thaf'éﬁfply

cabin air to the parallel arranged cabin heat exchanger, LiOH canisters and char-
coal canister. If additional air flow 18 necessary, it will be supplied by separ-

ate ventilation fans.

Atmosphere and Fuel Cell Reactants Storage - Hydrogen and oxygen reactants

for the fuel cell are stored in supercritical cryogenic tankage. Oxygen required
for cabin atmospheré pressure and composition control is also stored in the fuel
cell oxygen tankage. Both the hydrogen .and oxygen are warmed to acceptable
temperature levels by cryogenic heat exchangers in the radiator coolant loops
prior to delivery to the fuel cell or cabin pressure and composition subsystem.
Oxygen is also supplied for air lock pressurization, cabin emergency oxygen purge,
emergency oxygen masks, and for pressurization of potable water, wash water and

atmosphere condensate storage tanks.

Nitrogen is stored as a high pressure gas. In addition to cabin atmosphere

pressure andléompositidn control, it is used for emergency cabin purge and for the

pressurization of fuel cell product water. and the expendable Freon storage tanks.

Cabin Pressure and Composition Control - Cabin pressure and composition con-

trol is. provided by mechanical pressure regulators. that deliver either oxygen or
nitrogen to the cabin to maintain the cabin pressure at 14.7 psia. The pressure
regulators are supplied with oxygen or nitrogen depending on the oxygen partial
pressure in the cabin. This is accomplished by a two-gas controller that receives
signéls.from oxygen partial pressure sensors. The controller then activates
solenoid valves that allow delivery of either oxygen or nitrogen to the cabin
preSSuré regulatdrs. Cébin relief valves are provided to limit the maximum cabin
presgsure in the évént of a failed open oxygen or nitrégen inflow valve. The re-
lief valves can also be overridden to provide for dumping the cabin atmosphere to

space in the event of an emergency.

Airlock Pressurization - Oxygen is supplied to the airlock for repressuriza-

tion and EVA PLSS recharge. A relief valve limits the maximum airlock pressure and

can be overridden to provide atmosphere dumping. Pressure equalization valves are

also provided between the airlock and cabin and between the airlock and tunnel. .
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Potable and Wash Water Storage and Use - The source of all water used in the

Orbiter is the fuel cell. The fuel cell delivers potable water to cold water, hot
water, and wash water storage tanks. All three tanks are pressurized by the
oxygen supply subsystem. 'Water in the tanks is maintained at a warm or cool temp-
erature level by heat transfer from the cabin water coolant loops. The hot and
cold potable water is delivered to the food management subsystem for drinking and
food preparation. Warm water from the wash water tank is delivered to the waste
management subsystem snd to a sink through a water control modulé and cleaner dis-
penser. Air is drawn ﬁhrough the sink by a vacuum power module. The water en-
trained in the air stream is removed by rotary phase separators and delivered to a

waste water tank for storage. The tank is pressurized by cabin pressure.

Waste Water and Expendable Freon Storage and Use - Atmosphere condensate, ex-

cess fuel cell water and Freon are all used as expendables for heat rejection by .
the expendable heat sink in the radiator coolant loops. Condensate is stored in a
tank that is normally pressurized by cabin pressure. When the tank is full, oxygen
from the o#ygen supply subsystem forces the condensate from the tank through the
expendable heat sink., A small accumulafor stores condensate received from the phase
separators. while the main condensate tank is being smptied. The water is stored in
a tank pressurized from the nitrogen supply subsystem. The water is kept from
freezing by heat transfer from the radiator coolant loops. Freon is stored in tanks

pressurized from the nitrogen supply subsystem.

Waste Management - Waste collection is provided by an integral urine and feces

collector. Urine and flush water are entrained in an air stream drawn through the
urinal portion of the collector. Rotary phase separators remove the liquid from
the air stream and deliver it to a urine storage tank. The tank contains a dispo-

sable bladder and is pressurized by cabin pressure. Flush water from the wash
water tank and biocide from the biocide storage tank (hand pumped) are delivered .

to the urinal in the proper quantities by a urine flush module. The feces waste
collector also uses an ailr stream to entrain the feces and carry them to a rotsting
slinger that distributes the feces on the walls. The air stream from both the
urinal and feces collector are returned to the cabin through a bacteria and odor
filter. When the feces collector is not in use, the feces are vacuum dried by

exposing the storage volume to space.
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3.4,2 Crew Station Arrangement

Flight Deck Arrangement - The flight deck contains all displays and controls

for operating the Orbiter and for monitoring, deploying, and retrieving the payload. I

The flight station provides for twc pilots in a conventional side-by-side.
arrangement in the forward part of the flight deck. The geometry of the forward
instrument panel, center console, side consoles and overhead panel is essentially
the same as the DC-10. Side stick controllers are used in lieu of a center stick.
The rudder pedals are retained for yaw control, braking, and nose wheel steering.
Seat adjustments ‘and floor spacing beneath the seats meet launch and orbital opera-

tions requirements.
‘Pressurized volume of the flight deck is 500 cubic feet.

Lower Cabin Arrangement - The lower cabin contains the crew living quarters,

avionics and photographic equipment, and provisions for inter-vehicular transfer
»and EVA. All equipment is located at the sides of the cabin, leaving a clear
i+ passageway for access to hatches and sleep stations. The camera station is in the
"4 cabin ceiling between the avionics bays. The two-man airlock is located between the

. food preparation and personal hygiene areas adjacent to the payload bay, and has two

yﬁhatches into the payload bay. The main hatch is used to connect to a payload that
E;requires manning or maintenance. The upper hatch is to allow EVA with the payload
<%door being open when' the payload is so full of cargo that the center hatch is
iZunusable. Air ducts, water storage and other ECLS equipment will use the areas

beside the airlock. Pressurized volume of the lower cabin is 1760 cubic feet.

3.4.3 Flight Control System - The selected aerodynamic and engine control

system is a "fly-by-wire" configuration. Electrical signals are generated by force
transducers located on the pilot controls. Hand controllers and conventional rudder
pedals are used for‘aerodynamic control. Hand controllers are used for engine con-
trols. "~ Electrical command signals generated by the pilot are transmitted to the
appropriate electronic control system. These commands are quadruplexed to a
secondary actuator which controls the master control valve input, thereby position-
ing the surface actuators. Either electro-mechanical or the electro-hydraulic
secondary actuators developed on the 680J program are suitable; however, the pre-
sently baselined system utilizes the electro-hydraulic mechanization. All four

hydraulic systems supply power for each aerodynamic control surface to provide a

FO/FQO capability. Engine control actuators utilize four hydraulic systems to each ‘

engine to provide the necessary redundancy.
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3.5 Power Supply

This section summarizes the electrical and hydraulics subsystems. Additional
detail is provided on the APU module selection since it resulted from a significant

trade study.

3.5.1 Electrical - Three 28 volt fuel cell modules and four AC'generators'are
used to supply prime power for the Orbiter. Two batteries provide power for

restart of fuel cell modules and AC generators.

. The fuses are normally isolated from one another. However, Bus tie capa- ’
bility is provided to permit more than one bus to be operated from a single source

in the event of a source failure.

Static inverters provide AC power during periods when the AC generators are

not running, and transformer-rectifier units provide'DC power from the AC generators.

Power is transmitted fore and aft in the vehicle as 115/200-volt, S—Q,v400-

Hertz AC to reduce the weight of the transmission lines.

3.5.2 Hydraulics - The selected vehicle hydraulic system consists of four
completely independent systems operating at 3000 psig nominal. Each system is
powered by a hydrazine auxiliary power unit which drives the system pump. All.
four hydraulic systems are distributed to flight critical subsystems to providé the
vehicle with a FO/FO design. Each system is capable of 150 peak horsepower, which
represents 50% of the total vehicle requireﬁents. The system is so designed as to
provide continual operation even after two system failures without requiring pilot
action. The flight control actuators are controlled by a fly-by-wire type system
which is similar to the one presently being developed by MDAC on an F-4 airc:aft.
The hydraulic system includes power generation, distribution, aerodynamic flight

control actuators, and utility system conversion elements.

3.5.3 Auxiliary Power Unit - Four individual APU modules are provided to

satisfy the Orbiter hydraulic and electrical power requirements. The modules are
not interconnected in any way. All four modules operate continuously; a failure
in any one module results in shutdown of that module. Two.operating'modules are

required for vehicle flight control - a FO/FS gystem.

The APU module schematic, Figure 3.5-1, shows the service panel with fill and

drain and test ports for module checkout and servicing. The fluid disconnect per-

mits removal of the tank and pressurant module for remote servicing.v The helium
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pressurant gas is regulated to the operating pressure of the hydrazine tgnk by the
primary regulator. The secondary_regulator provides regulation in the event of a
fail open primary regulator. The hydrazine ténk~1s pressurized by opening the . -- -
pressurization control valve, which provides pressurized hydrazine to the 3QWAy
start valve. An automatic puige of the reactor, turbine, and exhaust line is pro-

vided prior to each start and during each shutdown sequence.

APU start is initiated by opening the start valve. During operation the tur-
bine power unit controller maintains constant turbine speed by modﬁlating hydrazine
mass flow via the control valve. The controller monitors selected turbine and
gearbox parameters, detects malfunctions and automatically shuts down the APU in

the event of a malfunction.

An external gearbox cooling loop is provided to remove heat from the gearbox
and A.C. generator. Heat is exchanged with the hydraulic pump case drain loop,
from which it is removed via a flash evaporator, with water as the cooling medium.

A turbine ground test line is provided to operate the turbine at part load on

_ heated nitrogen in the maintenance areas. End-to-end checks of the hydraulic and

electrical systems are thus possible.
ORBITER APY MODULE SCRERATIC
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on each side of the vehicle centerline.

the rear engine bay surface via a nonpropulsive vent.

APU MODWLE INSTALLATION
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The ‘APU module installation drawing, Figure 3.5-2, shows two modules mounted

A common line vents APU exhaust through
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The characteristics of the candidate APU systems are listed below:

APU Type
902/GH2

Phase B Baseline
Hydrazine

Integrated Pumped
Liquid 02/H2

Dedicated Pumped
Liquid 02/ H,

Fuel Cell Storage
and Supply

Integrated

Independent

Integrated

Independent
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The results of the weight/cost study are summarized in Figure 3.5-3. The

monopropellant hydrazine APU compares most favorably with the Phase B baseline.
A large portion of the cost penalty associated with the weight of the APU subsys-

tems is offset by the lower RDT&E and investment costs of the hydrazine system.

If one assumes the abandonment of the'cryogenic ACPS system, the monopropel-
lant hydrazine APU is the best alternative for the following reasons:
o Lower cost than pumped oxygen/hydrogen systems

o Least risk

FIGURE 3.5-3

AUXTLTARY POWER UNIT PROPELLANT SELECTION
(COMBINED APU/ECLS/HYDRAULIC COOLING/FUEL CELL STUDY)

PROPELLANT OPTIONS

60,/6H, NHy INTEGRATED DEDICATED
PUMPED 0,/H PUMPED 0,/H
o/H, o Hy

TOTAL INTEGRATED WEIGHT (LBS) 4251 6273 4565 " 5305

- COSTS - RTDSE (APU) $H a2 24.5 7.5 68.0

- RTD&E (MECHANICAL SYSTEMS)SN  63.2 + 79.6 60.2 76.6

- APU INVESTMENT, OPERATIONS 4.8 3.9 7.2 6.9

AND- MAINTENANCE  $N
k) . v o _
PAYLOAD EFFECT @ $5000/LB REF 10.1 1.6 5.3
' 10.0 * N8 . 140.5 156.8

* DOES NOT INCLUDE APU/MECHANICAL SYSTEMS COST SHARE OF 02/!42 TANKAGE OF APPROXIMATELY $20 M.

The current hydraulic power profile, which each APU module must meet, is
shown in Figure 3.5-4. The maximum requirement is 115 hp. This power profile

was expanded into some 50 discrete elements in order to calculate propellant

quantity. ‘
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FIGURE 3.5-4

O%0A ORBITER HYDRAULIC POWER PROFILE
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A summary of the APU system is.given in the following table:

Design Conditions

Number of APU Modules

— Propellant

Horsepower per Module

Number of Propellant Tanks

Number of Pressurant Tanks

Weight - Per Module

Helium ‘and Helium Tank
Turbine Power Unit
Propellant Tank
Lines,‘Valves, Misc.
Modular Structure

. Hydrazine

System Weight
s 4 Modules @ 566 Pounds
Exhaust Line @ 100 Pounds

4
. Hydrazine
115 (Hydraulic)
175 (Gearbox)
4 (1 per module)
‘ 4 (1 per module)

44 Pounds
127

35

45

60
255

566 Pounds

2264 Pounds
100
2364 Pounds
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Auxiliary Power Unit Trade Study - The phase B baseline integrated cryogenic

propellant storage and supply system provided propellants, reactants,or coolant to

. six principal subsystems. In addition to liquid or gaseous oxygen and hydrogen supply

for the OMS and ACPS engines, gaseous oxygen and hydrogen reactants were supplied to
both the APU and the fuel cells, liquid hydrogen coolant was supplied to the environ-
mental control subsystem and hydraulic subsystem heat exchangers, and gaseous oxygen
was supplied for crew station atmospheric make up.

A The advent of smaller orbiters, with external hydrogen/oxygen tanks, and smaller
attitude control total impulse requirements, renewed interest in storable propellant
systems. The potential selection of storable propellants for the ACPS required the
restudy of fluid storage and supply for all ancillary subsystems.

A study of the systems weight data resulted in the selection of a pressurized
monopropellant hydrazine system for the final storable propellant APU candidate for com-
parison with the 05/H, systems. Bipropellant systems were discarded for the following
reasons:

o No weight advantage
o Increased system complexity
. 0 Increased logistic and maintenance problems for N204
o Increased control complexity
o Decreased reliability
o Increased development cost

In parallel with the APU propellant trade study, a similar study was conducted for
two systems to satisfy the ECLS, fuel cell and hydraulic subsystems requirements. These
systems were: (1) a system in which all of the cryogenic oxygen and hydrogen required
by these subsystems was integrated with the APU liquid oxygen and hydrogen tanks, and
(2) a sysfem in which these fluids were stored and supplied independently of the ACPS,
OMS, or APU subsystems.

Two options for ECLS and hydraulic cooling (liquid hydrogen and water/freon) were
evaluated for the storable systems to establish the desired mechanical subsystems fluid
supplies to be incorporated in the final comparison.

The liquid hydrogen cooling systems are some 200 pounds lighter than the water/
freon systems. However, safety considerations, related to continuous hydrogen gas
venting during the 30 minute post-landing period while ECLS cooling continues, out-

weighed the potential weight savings. The water/freon system was selected.
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4.0 Orbiter HO Tank (Series Burn-Pressure Fed)
An HO tank is expended every orbiter flight. This requires that the

configuration design and design details be considered conscientiously in
order to minimize cost, in light of the 453 units to be constructed. However,
the innovations incorporated to reduce cost must not result in undue Qeight
penalty (reduction in mass fraction). Unique designs, processes and manu-
facturing methods must be exploited to achieve the desired results in the
finely balanced trade studies between weight, cost and schedule. One of the
major difficulties facing the tank designer will be to 'Keep it simple'" and
to prevent the HO tank from becoming the equivalent of another stage.

4.1 Phase B Extension Final Design
The impact of the final sizing to a propellant weight of 1,195,6001b is

shown in Figure 4.1. The only significant changes from the analysis
baseline, to be discussed later, are the tank dimensions shown, an increase

in tank inert weight to 62,131 pounds, and a change in mass fraction to 0.9506.

‘/’—"—'/’
Wprop = L1%,6001BS P J
— - - A
/'r_--- - ———— | ,é\
- —" __.‘.}:_:
A 996/__/-_ —__.
™ // § 4
AR S 311
]
:/ | 40,495 FT DIA
|
A \} 180 R
230 826 — 90 |-
1697

Figure 4.1 Orbiter HO Tank Final Phase B Conflguration Series Burn -
Pressure Fed Booster
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4.2 Analysis Baseline

The Orbiter HO tank (propellant weight = 942,100 lb) has been analyzed
and designed for the series burn configuration using the preésure fed booster.

The ascent configuration for the vehicle is shown on Figure 4.2,

- LOX TANK

\\‘ STA 317

LHp TANK

31,870 F13 1470

, 314 IN. DIAMETER '
= 942,100 LB PROP WT, hp
M.R,=6.0
X 0947

Figure_4%2 Orbiter HO Tank Series Burn-Pressure Fed Booster
4.2.1 _Configuration Definition

The analysis baseline used for the HO tanks is shown on Figure
4.2.1-1. An inboard profile of this tank is shown on Figure 4.2.1-2.
All of the major subsystems are shown in this figure, while
significant configuration characteristics relating to it are shown on
Table 4.2.1-1. Mass properties are shown on Table 4.2.1-2. This table shows
two weight statements: the preliminary parametric weights, which are consistent
with the mass properties status report, and the completed analysis weights,
which represent a later iteration in design and analysis. Included in these

weights is a contingency allowance of 5% for the body group, 10Z for the '

induced environmental protection, and a 2% growth and uncertainty allowance

on the total dry weight.
B.4-2
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-3L,870FP ' 1
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h ' 181 R . DIA
\
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Ul o | -~ 612 9N |-
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Figure 42.1-1 Tank Geometry - Series Bumn

SECT. A-A SECT. B-B

- FWD SUPT. AFT SUPT
- DEORBIT RETRO ROCKET 09X - I SuP
LOX PRESS | | LH,
AVIONICS K | l —A PNEU REG /—LOX FEED (2) ‘!BFEED 7
.' _:__7 vommak i RN :
A - ——
+7 | LOX TANK / LH, TANK o

£ o
AN NC -
h
YaN:y \scmviu
: s X
| ]
LOX VENT ,
LHy VENT -
FRAME LHp P.U. PROBE
LOX P.U. PROBE o

Figure 4.2.1-2 Inboard Profile - Series Burn
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TABLE 4.2.1-1

GROSS WEIGHT

USABLE PROPELLANT WEIGHT (INCLUDES FPR)

MIXTURE RATIO
PROPELLANT MASS FRACTION X
'PROPELLANT TANKS

© DIAMETER

O LENGTH

O MATERIAL

© PROPELLANT LOCATION

© BULKHEADS

© BOOSTER/ORBITER ATTACH
FEED LINES

15 MARCH 1972
ORBITER HO TANK DESCRIPTION

934,820 LB
942,100 LB
6.0/1

0. 947

314 INCHES

1,470 INCHES.(UD = 4,7)
2219 ALUM INUM

LOX FORWARD

~ SEPARATE TANK

BOOSTER END LOAD/ORBITER AFT
LOX - 2 X 12 INCHES DIAMETER
LHz -1 X 16 INCHES DIAMETER

1 X6 INCHES DIAMETER

VENTS TANK LOCATED
PROPELLANT UTILIZATION CLOSED LOOP
INSULATION/TPS EXTERNAL FOAM WITH FIREX - 250 ABLATOR
DEORBIT _ SINGLE SRM IN NOSE CONE
Table 4.2.1-2  Weight Summary - Series Bum
PRELIMIMARY  COMPLETED PRELIMINARY  COMPLETED'
PARMETRIC  AMALYSIS PARMETRIC  AWLYSIS
WS, WIS, WIS, TS,
BOY GROUP (36.782)  [3,546) | ELECT/INSTRIENTATION L 51 [ 27
REL TAX (19.810)  (18,%9) |  BATTERIES : 2
AD BULKHEAD 2,10 2,004 POMER DISTRIBUTION 2
SIDERALL 15,310 15,112 ERY FIRING WRITS . %
AFT BULKHEAD 2,33 2.187 PU ELECTRINIC 10
OXIDIZER TAK - (8.03) (7,010 | RNNGE SAFETY _ Q0
RO BULKGEAD 432 201 INSTRUENTATICN SYSTEM ' v
SIBRL : 4,65 4,23 QOAX A HIRING ~ 151
BAFRS b 105 IT St © 12501 [ L7
AT BULKEAD 200  2um | ENRTSST 2o |
WITRTANK . STRICTURE (4,410 (3,880 AL/ UL RLE gl
'BOCSTER/ORB/TARK ATTACH . (350 (53D D‘“ REIGHT L Y
NOSE FAIRING ( W) ( 39 | RESIDUAL PROPELLANTS (31030 [3,18]
UBILICAL PAYEL C W (W ;
TUBEL ( we (W
INDUCED ENVIRONMENT PROTECT, {3.440] [ 3,58
ABLATOR 2,950 2.7
FOAM % 7 :
PRIMER, PAINT & SEALER 130 I . T &
PROPELLANT SYSTEMS (353 [ 4481 (910,
PRESS AND VENT 60 1.588 ‘
SUFPS & VORTEX CONTROL 20 2 | x . PR (WSERLD 097 098
P SYSTEXS 15 185 Heross (LESS STAST FOP) |
RELMATICS R iy o
- RECIRCULATICN 68 168
B.
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4.2.2 Vehicle Analysis

The structural loads on the vehicle were calculated for a range of

conditions and the most critical loads were determined for use in
the tank design. Figures 4.2.2-1 and 4,2.2-2 depict the maximum loads

imposed on the tank structure from both ground and flight conditions,

Z 4

s

2 )

. |e pla— o — —
- - TWO WEEK EXPOSURE | ONE DAY EXPOSURE FRONTAL WIND®
"2 g |}~ FRONTAL WiND® o : -

= - _ ' i
g

= | «renping To sLow THE ORBITER AWAY

s | FROMTHE HO TAMK

=

s 1 |

3

[ - 2N

e |

5

)
= .
; 0 EEmEe— L
. ’ ™) 1629 1500
. © STATIOR (INCM) ,
- 2 - ™
' ‘ ‘ : ‘V’ | ! ,\\
' 1 1

Figure 4.2.2-1 Maximum Load Envelope, Ground Wind Conditioné - Series Bum

¢ LIFTOFF e MAXINUM 'l' LIFTOFF %:

ACCELERATION

MAXIMUM COMBINED LOAD, Ng LIMIT, (163 LBaIN)

1

-
e 689 1889 1600

‘ ' . ' STATION (INCH)
~, P TS
\ | \{
Y 1| 1
Figure 4.2.2-2 Maximum Load Envelope, Ascent Conditions - Series Bum
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Ground Wind Loads -- Loads were determined for the following four ground
wind conditions:

1. One day exposure frontal winds (tending to blow the orbiter away
from the HO tank), with vehicle tanks full.

2. One day exposure side winds, with full vehicle tanks

3. Two week exposure frontal winds (tending to blow the orbiter away
from the HO tank), with vehicle tanks empty

4. Two week exposure side winds, with vehicle tanks empty.

A summary of vehicle parameters associated with the conditioné"analyzed is
shown in Table 4.2.2-1.
TABLE . 4.2,2-1
SUMMARY OF VEHICLE PARAMETERS
GROUND WIND CONDITIONS

LOAD WIND VEHICLE
CONDITIONS ' DIRECTION TANKS WEIGHT
(LB)
ONE DAY EXPOSURE WINDS o FRONTAL FULL 5,296,460
ONE. . DAY EXPOSURE WINDS . SIDE , ' FULL- 5,296,460
TWO WEEK EXPOSURE WINDS - - FRONTAL "EMPTY 1,038,460
“TWO WEEK "EXPOSURE WINDS : " SIDE EMPTY 1,038,460
Ascent Loads -- Structural loads were determined for the following six

ascent conditions:
-1) Liftoff; 2) Max gq/sidewind; 3) Max aq/headwind; 4) Max aq/tailwind;
5) Max. acceleration and §) Post-staging. A summary of vehicle parameters

associatéd-with.the conditions analyzed is shown in Table 4.2.2-2,

B.4-6




MDC E0S58
PART Il - VOLUME |

TABLE 402 02-2
SUMMARY OF VEHICLE PARAMETERS, ASCENT -CONDITIONS

15 MARCH 1972

LOAD TIME | MACH | q @) Nx Ny Nz

CONDITION (SEC) | No. | (PSF) (DEG) g's) | @) (g's)
LIFTOFF 0 0 0 0 1.245 0 | 0.308
MAX Bq/SIDEWIND | 55 0.90 | 559.9 3.6 1.5 0.186] -.025

(6.48)

MAX oq/HEADWIND { 61 1.13 | 712.5 7.87 | 1.55 0o | -.286
MAX oq/TAILWIND | 70 1.18 | 524.7 | -4.2 1.78 0 | 0.264
MAX ACCELERATION| 118 3.83 | 211 0 3.0 0o | -.06
POST-STAGING 131.5 | 4.65 | 110 0 1.1 0 | 0.311

The envelope of maximum rigid body 1limit loads associated with these ascent
conditions is described in Figure 4.2.2-2.

The loads shown are combined axial

and moment compression, with unpressurized tanks.

the maximum loading:

liftoff and maximum acceleration.

Two conditions generate
These
loads may not be design loads, however, when internal pressure, ambient

pressure, temperature and dynamic amplification factors are considered in- the

sizing program that is used to obtain material gages. - This is discussed in

Section 4.2.3.
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4.2.3 Vehicle Design

This section contains a description of the design tasks performed on

the structural, thermal protection, propulsion, and avionic subsystems.

4,2.3.1 Structural Design
The HO tank consists of five basic structural systems: the nose fairing,

2 tank, and orbiter attach structure, as shown on

LOX tank, intertank, 1H
Figure 4.2.3-1.

INSULATION
0

ORBITER ATTACH
7S 20 E

‘HOSE FAIRING
4STAVES

CAN\
$2)

LOX TANK COKE —~
ROSE CAP 7STAVES CNINTERTANK LM TANK O Ltz TANK DOMES
OWE PART IBARRELS  7STAVES  AFTBARREL . §gGoREs
. ISTAVES EA ISTAVES
LOX TANK CYL
3STAVES
2219-T87 AL STRUCTURE

Figure 4.2.3-1 Basic Structure Series Burn
Structure Description -- The nose fairing, which houses the deorbit
rocket, consists of a cone and a nose cap. The cone is designed to resist
flight loads, and the nose cap is designed to resist local aerodynamic
pressure. These are mechanically attached to each other and the assembly
is mechanically attached to the LOX tank. The LOX tank is made up of a forward
dome, a seven-stave cone, a cylinder having 3 étaves, and an end dome made of

6 gores and one polar cap. Each component is of welded monocoque I

construction and is welded to adjacent components through Y-rings. The staves

B.4-8
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@
v in the cone and cylinder are machine tapered skins surrounded by constant
thickness weld lands. Dome gores are constant thickness machined gkins and
constant thicliness weld lands.  Two integrally stiffened machined waffle V
(isogrid) barrels are used to form the intertank structure. Three staves
are bolted together to form each barrel. The barrels are then bolted together
and to the LOX and LH2 tank Y-rings. The LH2 tank cylinder has a lopg
forward monocoque section made up of 7 welded machine tapered staves with
constant thickness weld lands and a short aft isogrid barrel made up of
three welded staves. The end domes consist of 6 gores welded together
and to a polar cap. They are constant thickness ﬁachined skins with weld
lands. Each component is welded to adjacent components through machined
rings. Orbiter attach structure is considered in two parts, forward and aft,.
The forward attach structure consists of an external link hinged to an

internal frame which is bolted to the intertank waffle structure. The aft -

attach structure consists of an external fitting which is bolted to the aft
isogrid barrel and two frames at each end of the barrel. The inner caps

: ‘ and diagonal truss members of the frames are machined as one part from plate
stock and mechanically attached to the outer caps which are welded to the LH

2
cylinder and aft dome as shown. The outer frame cap is also the Y-ring.

..,,_;_
RO R

Attach Structure -- Sizing of the HO tank forward and aft attachment °
structure to the orbiter is based on the most critical condition experienced.
Conditions investigated were liftoff, maximum PBq (20.3K sidewind), maximum aq
(25.7K headwind), maximum oq (35.7K tailwind), and maximum acceleration.
Results of this investigation for the forward and aft attachments are shown

in Tables #4.2.3-1 and 4.2.3-2. The attach structure is shown in Figure4 .2.1-2,
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Table 4.2,3~1

= =27 e ———— e

Forward Attach Structure Design

15 MARCH 1972

DESIGN <
ITEM CONDITION STRESS ALLOWABLE M.S.. WEIGHT (LBS)
Sway Brace ‘
.Tube (2)_ Max. aq (HW) ft = 63,000 Ftu = 63,000 0 2 xB87 =174
. : 218
Fitting (4) fbr = 100,000 Fbr = '!00.000 0 4 x 11 = 44
Side Link Liftoff fc = 8,300 Fc = 11,200* .35 5
Frame
" Outside Cap| Max. aq (HW) fo = 94,500 | F. = 94,500 0 238
Inside fap ft = 94.5(_)0 Ftu = 94,500 0 178 173 .
Diagonals f. = 66,800 Fey = 66,800 0 757
TOTAL 1396
Al
Table 4.2.3-2 Aft Attach Structure Design
. e T e .
- ITEM. CONDITION» STRESS ALLOKWABLE M.S. WEIGHT (LBS)
&) ; . . [T “
o Frame
| . Outside Cap- Max. aq (TW) f, = 94,500 Fpy = 94:500 0 142
P Inside Cap fc = 66,800 Fcy = 66,800 0 553 2230
Diagonals fc = 66,800 Fcy = 66,800 0 1535
Kick Frame
- Caps Max. Acc. ft = 94,500 Ftu = 94,500 0 34
541
Web f = 38,000 F_. = 38,000 0 200
s su
Drag Ld. Fitting |
Web - "~ Max. Acc. fs = 38,000 Fsu = 38,000 0 43
Flange fc = 50,000 Fcy = 50,000 0 275 333
Tank Flange fc = 50,000 Fcy = 50,000 0 15
Skin Doubler Max. Acc. fc = 50,000 Fcy = 50,000 0 227
Orb. Load Links Max oq(TH) fc = 50,000 Fcy = 50,000 0 123
Side Load Straps Liftoff ft = 63,000 Ftu = £3,000 0 32
TOTAL 3486
L__
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LOX Tank -- The LOX tank is designed aé a pressure vessel capable of
withstanding 30 psi ullage préssure and LOX hydrostatic head. The maximum
head pressure in the tank results from the 3 g flight condition with the
tank full. Wall temperatures used in the analysis are -298°F in the liquid
area and 445°F in the ullage area. The all welded monocoque construction - -
requires the staves and gores to be machined from plate, to provide a skin
sized to resist pressure: loading,with a weld land around the periphery.

The weld land is constant thickness. The forward dome is designed for

ullage pressure only,which resulted in a constant minimum skin thickness

requirement of 0.033, To obtain this thickness chem milling after machining

-is required. This dictates tolerances of +.008 and a nominal gage of 0.041.

LOX tank conical sections taper from a nominal size of 0.058 inches at the

forward end to 0.192 inches at the aft station. The forward end is sized

to resist uliage pressure only,while the aft end is sized for ullage plus

head pressure. Chem milling is not required; so tolerances of t.OOS were

used to derive nominal sizes. The cylindrical section tapers from a.nominal

.I size of 0.186‘inches at the forward section to 0.200 inches at the aft station.
The entire cylinder is sized from ullage and head pressure. Tolerances

of t.OOS were used. The aft dome was designed to resist ullage and the

‘-maximum head pressure at tﬁe most aft point. The result is a constant

nominal skin thickness of 0.136 inches over the entire dome, using tolerances

of t.OOS. Tapering of the gores was not considered because constant thickness

is required for.stretch forming, and the cost of chem mill tapering after

forming is not warranted by the small weight saving. Y-rings are provided

at the interfaces.of all sections to resist the radial component of membrane

load at these planes. The ring areas derived are indicated in Figure 4.2.3-1.

LH2 Tank and Intertank -- The LH2 tank and intertank structure are
designed using a computer program developed to determine minimum weight

designs for HO tanks. The program determines the thickness requirements

B.4-11
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for the cylindrical sidewall and uses predetermined weight equations for

end domes, welds, and propellant residuals. The program determines the

most critical of seven failure modes: hoop stress (burst, yield, proof),
longitudinal temnsion (yiéld, ultimate), and longitudinal compression (yield,
buckling). For buckling, the monocoque structure was analyzed using the

method described in NASA SP-8007, "Buckling of Thin-Walled Circular Cylinders.'
The waffle (isogrid) structure was analyzed using the methods of MDC E0375,
"Space Shuttle Data," Part 111, Booster, Airframe, Appendix B.

The final design for the LH2 tank is selected after determining the
total LH2 tank weights for numerous operating pressure levels. These weights
include the contributions from the basic sidewall, end domes, Y-Rings, welds,
and propellant residuals. Figure 4.2.3-2 presents the weight summary of
these analyses for both the baseling design and an alternate all-isogrid
sidewall design. Both of these curves are respective lo¢i of all minimum
" weight designs and include the adverse effects of a pressure tolerance of

tl.O psia. As can be seen in the figure, the optimum pressures are 65 psia

for the baseline design and 40 psia for the all—isogrid design.
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The critical design conditions for the baseline tank are shown in
‘ Figure 4.2.3-3. It is seen that the intertank region is designed by buckling

at the maximum acceleration condition. Within the tank, bétween Stations 694
and 1000, the maximum acceleration condition is still the governing design
condition, but the mode of failure changes to yield hoop stress. The tank
between Stations 1000 and 1180 is buckling-critical at liftoff, and the
isogrid section between Stations 1180 ana 1320 is designed by both buckling
at liftoff and yield hoop stress at maximum acceleration, Nominal dimensions

for the resultant structure are depicted in Figure 4.2.3-1.

-Additional work was also done to investigaﬁe the abilify of the shell to
_withstand ground wind loads on the pad. Of the four conditions analyzed .
" (see T;ble 4,2,2-1), the critical case proved to be frontal winds with one

day exposure and both tanks full. [
_ However, for an all-isogrid design, no internal pressure would be
required to withstand ground wind loads. This later design was not chosen
because of its considerably higher cost.

' Fracture Control Methods for HO Tank -- A room temperature proof
o pressure test will provide an assessment of manufacturing workmanship,
material quality, and permlt a definition of flaw sizes remaining after thls
- test. The proof test enhances flaw detection and will aid the 100% weld
inspection planned to be conducted after the proof test. Strict process
control and in-process inspection will be employed for parent metal and *
welds including the use of single pass welds to guard against lack of weld

penetration defects,

‘A review was made of problems encountered by MDAC and others in the
design, fabrication and testing of large cryogenic aluminum tanks. This
review indicated that problems were primarily associated with welds and not
the parent material. On rare occasions, cracking has beeh-encountered during

‘ the forming of integrally stiffened ribs. Such cracks are readily detectable

B.4-13
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within current nondestructive testing (NDT) capability, however,

although strict process control is required to ensure that cracks are

- not inadvertently overlooked. Two types of weld defects have

caused proof test failures. The first is a lack-of-weld-penetration

defect which is considered undetectable by current NDT methods.

To prevent such a defect from being accepted, process control techniques were

‘successfully developed for the Saturn S-IVB. Acceptance of the defect was

prevented by using single pass welds, chamfering the root side of the weld,
and visually examining the root side of the weld prior to shaving to ensure
that the chamfer had been melted away. The other critical defect was
associated with multiple hand repair welds which resulted in a low‘strength
weld. The use of mechanized repairs and limiting-the number'of.repairs 
has prevented this problem from reoccurring. These process controls will
be adopted for fracture control of HO tanks.

A review of fracture mechanics test data indicated that a room temperature
proof test would screen out critical flaws in parent material at LOX temperature,

as shown in Figure 4.2.3-4. A room temperature proof test will also screen
to flaw sizes that are only slightly larger than those critical at —423°F) but

the toughness does not increase sufficiently compared to the increase in strength
to screen out critical flaws. In-process control and 100% NDT iﬁspectidn
willlbe depended upon to detect critical flaws in the parent material. .Data

for toughness of welds at cryogenic temperatures indicates that room temperature
proof tests will detect large flaws in welds, approximately 3- 1/2" and

larger. However, critical flaws at operating conditions could be as small

as approximately 2-1/2". It is.difficult to conceive of defects of this

length arising except from a lack of penetration weld; Any other type of
critical defect is expected to be open to the surféce and consequently be
readily detectable by conventional NDT techniques, pafticularly after a proof
test. It is planned to remove detected cracks even though they may be. less

than a critical size.
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The technology required to implement a reliable fracture control plan

is considéred adequate, although selected data acquisition 1s recommended, ‘

along with the development of techniques to ensure that the process control
requirements are realized, The latter is necessary to minimize the chance
of human error going undétected; Wide panel fracture toughness tests are
considered desirable in the thicknesses and temperatures of interest,
including effects of a room temperature proof test and subsequent crvogenic

toughness determination,

4.,2,3.2 Thermal Protection System

The baseline external cryogenic insulation is BX-250 polyurethane

foam, coated with a low temperature ablator Firex. 250, as

shown in Figure 4.2.3-5. The prime factors considered in selecting the

insulation system for the orbiter drop tanks were: reliability, thermal

efficiency (weight) and cost. The foam was selected because of its light»
G weight, 2'1b/ft3, and proven success on cryogenic flight hardware. The
Firex 250 was selected because of its low ablation temperature, around
270°F, and its relatively low cost. . Another .low temperature ablator,

Thermolag has several shortcomings, such as high water absorption,

instability at ambient temperaturés, contamination, and cost. No
other ablatives have been identified with an ablation temperature as low

as 270°F, The low ablation temperature helps minimize the thickness of

ablator required to keep the foam from exceeding 200°F,where it becomes
chemically unstable. The thickness of ablator specified has been adjusted
 throughout the vehicle to provide a maximum backside temperature of 200°F,

as shown in Figure 4,2.3-5.
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. ‘ " Thermal Environment. —— Figure 4.2.3-6 shows the aerodynaxﬁic heating
history used to size the insulation system; Base insulation fequiréments
will be very slight for this configur‘ation; as the base is protected from
the high radiation intensity of the Booster plume, and the level of

radiation intensity from the’plume from the Orbiter engines is very low.
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Figure 4.2.3-6 Aerodynamic Heating - Series Burn
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TPS Materials -~ A cross-section of the TPS and their unit weights are ’ '

shown in Figure 4.2.3-7. ‘Eveﬁ though this system was selected as the

baseline, further development is required.

Problems with the baseline system are primarily related to the areas
of interfefencé heating whefe abiative materials are needed. One problem
is that the polyurethane foam cannot resist the high temperature encountered
during boost. Above 200°F the foam begins to outgas, resulting in entrapped
gases under the ablator. This gas pressure is sufficiently high to blow
off the ablator. The.other major problems associated with this system, are
separation of the ablator from the foam during cryogenic cooldown and cryo-
pumping. At loﬁer temperatures, the tank and foaﬁ contract to a smaller
diameter. The ablator, being a rigid ring (plastic or cork) around the foam
resists the loads developed during contraction of the tamnk. Failure in the
foam or the form/ablator interface bond may occur if thermal stress loads exceed
the strength of the foam or bond. This problem was experiénced during the

S-1II insulation development program. Cork/foam separation occurred, especially

at the edges. The problem was solved by using honeycomb to increase the . i

bond strength of cork to insulation. This gystenm is8. expensive and results

in high weight penalties, and has not been .used directly on the cryogenic

. tank. This 1s another reason why Fifex.250*was~seiected as the ablator.
- ':3';‘{!:’«; E

Firex is a polyurethane base ablator that has good adhesion to the polyurethane
foam. The material is sprayed continubusly'ovet the foam surface with no
joints or edges where cryogeﬂic strain failure can initiate. Cryopumping

is another po;entiai problem. It can be minimized by reducing the number of
joints in the cryogenic insulation, ablator,and barrier coating. The use

of countér-rotating spray nozzles for applying the polyurethane foam to

the tank can eliminate this joint close-out ptobiem. The spraying operation
is uninterrupted: new foam is not sprayed over existihg foam. The starting
joint and completion joints are sprayed simultaneously by starting the spray
nozzles together, traveling in opposite direction and coming together on

the opposite side. The ablator and barrier coatings are sprayed as continuous

coatings eliminating joinﬁs which usually provide the paths for cryopumping.
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Figure 4.2.3-7 Thermal Protection System Series Burn

A

E .These probleﬁs have led us to inveétigate other insulation

concepts designed to overcome the'problems associated with cryogenic external
insulations. These concepts are shown in Figure 4.2.3-8. Preliminar& test
resulté on materials which have been selected for the various construction
shown appear very promising. Table 4.2.3—3 lists results of work accomplished
to date. In addition to superior performance in terms of reliébility and
efficiency, these new insulation constructions should prove less expensive

to install on the tank.
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4,2.3. 3 Propulsion Subsystem

" The Orbiter Ho tank for the series burn configuration consists of

the LOX and LH2

systems, LOX and’ LH2 pressurization systems, a pneumatic system, and sump and

feed systems, LH2 recirculation system, LOX and LH2 vent

vortex control systsms Flgure 4.2.3-9 shows a schematic of the basic taﬂk

main propulsion subsystems.

Figure 4.2.3-9- Propu131on‘S&stem
Schematic- Serles

LOX
Burn

VENT

LH2
VENT

LOX PRESS. DISCONNECT (3iN.DIA )

LH2 PRESS DISCONNECT (3IN. DIA.)

LOX FEED DISCONNECT (2 ) (I2IN. DIA.)
LH2 RECIRCULATION DISCONNECT (6 IN. DIA.)
LH2 FEED DISCONNECT (16 IN.DIA.)
HELIUM DISCONNECT '(0.25 IN. DIA.)

i .
R RO
IR

PLENUM

Q

LOX is supplied to the three 472K (vac) thrust Hi Pc engines from the

tank through two 12-inch diameter feed lines which are routed down the side

of the HO .tank and enter the orbiter in the engine area. Hydrogen isisupplied
through a single 16-inch diameter line. Figures 4.2.3-10 and 4.2.3-11 show
these feed systems. A chilldown line also supplies LH2 to the engines for
pre-conditioning. The pneumatics for operating the vent valves are obtained
from the orbiter,with a plenum added on the HO tank to minimize pressure drop
and surge effects. The oxygen and hydrogen tanks are pressurized with éaseohs
oxygen and hydrogen, respectively, which are supplisd from the orbiter (tapped
off from the engines). Figuré~4.2.3-12 shows the interface between the HO tank

and Orbiter.
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A ENGINE INLET
B LIQUID LEVEL AT END OF THRUST DECAY
C LIQUID LEVEL AT ENGINE CUTOFF COMMAND -
CONDITION SHOWN IS AT END OF THRUST DECAY

< " COMPLETELY FILLED WITH LIQUID ‘

T PARTIALLY FILLED WITH LIQUID

R

Figure 4.2.3-10 LO2 Feed System - Series Burn

L
FES

- LINES ARE CONSIDERED
FULL SUBSEQUEKRT TO
CUTOFF AND THRUST
DECAY

Figure 4.2.3-11 LH, Feed System - Series Burn
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'Q VEHICLE

. LO, RECIRCULATION -
X 1346.0 - L0, PRESS. Y 61.0
X 1326.5 - 10, INLET Y 40.5 ,
L0, INLET Y 1L.5 , LH, RECIRCULATION Y 11.5

Figure 4.2.3-12 Main Propulsion Interface - Series Burn

. Orbiter HO Tank Vent Systems -- The LOX and LH2 vent and relief valves
are located on the HO tank in the space available just above each tank.
Both tanks utilize two normally closed valves in parallel. The vent valves
are required for ground venting and possible relieving during boost and
burn. The worst case condition for sizing is the ground venting case for
the LOX tank., The LOX tank is uninsulated and a fairly high bbiloff rate
results for this external tank under windy conditions. The LOX.boiloff.
rate was determined from the total heat input rate. The required line and
valve size was then determined from Fanno flow analysis, allowing a maximum
pressure drop of 0.5 psi from tank to ambient to maintain a low tank bulk
saturation pressure. The resulting reqﬁired vent size was ll-inches in diameter.
The LH2 tank sizing was less critical, allowing a smaller vent size; However,
it is cost effective to have a common vent size. Therefore, the LH2 vent

size was also selected to be 11 inches in diameter.
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Propellant Utilization System -- The propellant utilization system
selected for the series burn configuration is a closed loop capacitance ._
probe coupled to the orbiter computer which controls the main engine”mixture--
ratio. .The propellant in the tank is measured with a cylindrical capacitor,
~utilizing the'liquid propellant as the dielectric. The probe selected is
of constant diameter, giving a linear output with liquid level. Software is
employed to reflect the tank geometry with respect to propellant mass remaining.
The output is then used to obtain a null seeking error signal to control the
engine mixture ratio.. Cost trades have .continued to show this system to
" be cost effective. The cost advantage of the closed loop system is $52M

(based upon 1.3 1b ascent load) over an open loop system.

Prooellant Inventory -- Table 4.2.3-4 shows the propellant and residual
inventory. _There are five types of LOX and LH2 unusable residuals. Theee
consist of pressurant, tank undrainable, feedline, chilldown, and engine
residual. For a nominal cutoff (velocity cutoff) there is also a PU bias
and flight performance reserve (FPR) residual; both of which are usable

propellants and could be burned in an off-nominal flight.

Table 4.2.3-4 Propellant Inventory

PROPELLANT WEIGHT - LB
TOTAL TANK RESIDUALS
S . - Lox LH2 Lox LKy
ASCENT & 807,514 134,586
START ADJUSTWENT : o 1,004 mn
SHUTOOMN ADJUSTMENT 1w - 87
 FEEDLIRE RESIDUAL ’ 1. 1,822 n 584 87
~ CHILLOOWM RESIDUAL 1 23 0 ]
 ENSINE RESIOUAL 1,072 75 0 0
. PU BIAS 0 336 0 3%
" TANK UNORAIMABLE 300 | 100 300 100
PRESSLRANT o ‘ 1,068* _478* | 1,178* | 596w
NOMINAL LOAD 812,913 136,334 o
LOADING ALLOWANCE ' 8,129 1,363
MAXIMUM LOAD : 821,042 137,697
PROPELLANT BELOW TANK ‘ -13,852 - 318
MAXIMUM LOAD IN TANK 808,190 137,322
VYOLUME FTY
PROPELLANT VOLUME 1IN TANK M,383 31,245
TANK YOLUME (2% MINIMUM ULLAGE) 1,61 - 31,870

** INCLUDES PREPRESSURIZATION GASES *  IMCLUDES ONLY PPESSURANT FRCM LIQUID
LOX TANK: ‘\;0 t:
LHy TANK: 118
304_24
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‘_' The above propellants and the additional start and shutdown. propellants
which are required due to lower specific impulse during the transients must .

be loaded in addition to the ascent propellants.

After accounting for all the propellants required, a one percent overload
contingency is added to provide for the maximum load case (1% loading accuracy).
The propellants below the tanks are subtracted. The tanks are then sized to
provide a minimum 2% ullage volume for the maximum load- case. The maximum
load case is the impulsive requirement associated with the minimum single-
engine Iép.

Deorbit Propulsion -- The SRM shown on Figure 4.2.3-13 provides the
thrust necessary to deorbit the HO tank. As shown,the SRM is attached to
the forward LOX dome via a thrust structure, and is protected during ascent

- by the nose cone fairing. Pertinent characteristics of the SRM and thrust

. structure weights are also shown on this figure.

~ ‘
- CMARACTERISTICS
e THRUST=52,780 LB
o BURN TIME = 6.22 SEC
s lp=200 S3EC )
L e  V=2S0FT/SEC -
l—— \ o MOTORLENGTN =98 N.
» e MOTORDIA. =24 IN.
Y LOX o PROPELLANTWT.@ 1270 L8
s TOTAL MOTOR 7. = 1500 L8
b TANK e  SYSTEM WT. INCLUDING SUPPORT
\ STRUCTURE = 1740 L8
] e  NMOZILE TYPE = CONICAL ABLATIVE
| : | o  THROAT DIA.= 03 M.
| 90" e o EXITDIA.=20IN.
- o  EXPARSION RATIO = 19
o MED? = 1508 PBIA
4 : o SAFETY FACTOR=15§.

‘ Figure 4.2.3-13 Range Deorbit System - Series Burn

B.4-25



N
MDC E0558 ' E
PART Il - VOLUWE { ‘ 15 MARCH 1972 ;

4.2.3.4 Avionics
 The minimum expendable avionics for the HO tank consists of: (1) propellant
utilization probes and capacitance-to-frequency converters for propellant

loading and residual controi; (2) time deiays and control circuitry for
retrorocket ignition; (3) power distribution, external/internal switching, '

and dual 28 vﬂc"batteries; 4) signél conditioning/multiplexihg of HO tank
data for the ofbiter-telemetry system; and (5) -range s#fety command /destruct
system. Tank vent controls will be hardwired from the oibiter{ All other

equipment is an integral part of the orbiter avionics and as such is

reusable. Figure 4.2.3-14 is a block diagram of the avionics system.

Propellant Utilization System -- The orbiter propellant utilization (PU)

system is designed to accomplish the following. First, the LOX and LH, tanks

2
must be loaded to an accuracy of 0.75 percent. Provision for detection of |
overfill as a saféty backup is provided. The loading function includes - j

constant monitoring of boiloff during ground hold and control of propellant

topping during this time. During flight, propellant usage is monitored
and controlled to assure simultaneous depletion within 0.25% of total
propellant load. A second inflight capability of this subsystem is to provide
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. a variable engine mixture ratio for programmed thmst/Isp profiles. At the
bottom of each tank, separate sensors are located to provide backup depletion
signals. These are used to shutdown engines in case of malfunction of the

primary mass detector.

The propellant in each tank is measured with a cylindrical capacitor
utilizing the liquid propellant as:the dielectric. The probe 'is constant
diameter giving a linear output with liquid level. This output is also
proportional to density of the liquid. This capacitance is brought out
of the tank with a cryogenic feed-through and is inpﬁt to an oscillator.

The period of oscillation is proportional to the capacitance and'therefore to
the liquid level height. The signal is then sent to the orbiter in the form
of fréguency. The overfill and depietion sensors are of the capacitance
point 1ebel type. Three sensors are mounted at the samé heighf and are

N fed to a control box that votes 2 out of 3 and provides a bilevel signal to

. be sent with the orbiter flight control computer.

A frequency-to-digital-word converter prepares the capacitance probe

signals for use in the flight control computer. The computer is programmed .

4 to apply volume versus height curves to the probe signals. This conver&s
éﬁ the signals to mass remaining in the tank. The slosh dynamics is then
filtered out, resulting in the corrected mass remaining. -This is scaled and
summed together to obtain a null seeking error signal, which is converted
from digital to analog and sent to the valve motor servo amplifier. The
valve motor servo amplifier drives all four valves in parallel, adjusting
the engine mixture ratio. A block diagram of the PU system is shown in
Figure. 4.2, 3-15.

Deorbit Controls —-- After the orbiter/tank has achieved the desired
velocity:-and depleted the fuel and oxidizer in the HO tank, the orbiter
positions the HO tank at the desired attitude and initiates separation. ' This
-is ‘done in such a manner as to minimize any rotational acceleration. After
a short time delay, which permits the orbiter to move away from the tank, the
HO tank nose cone is separated and the retrorocket fired. This causes the

‘ tank to deorbit and reenter the atmosphere.
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Figure 4.2.3-15 Propellant Utilization System Block Diagram

Electrical Power System ~— The electrical power system consists of dual
silver-zinc batteries and a simple distributioﬁ system. The primary purpose
of redundéncy'ia to insure operation of the range safety system and dispersion

of -the propellant in the event of an abort.

Instrumentation System -- Critical functions in the HO tank are sensed
and hardwired to the orbiter caution and warning system. Less critical -

parameters are multiplexed and monitored'in the orbiter via the orbiter

i
|
B
i
|
1
i
|

computers. The orbiter telemetry system is used for ground monitoring.

Rangé Safety -- A range safety cbmmand/destruc; system is provided for
dispersal of the fuel and oxidizer in case of an abort. This system is a

standard GFE receiver/decoder system and is dual redundant. Prior to vehicle

'
'
i
i
i
|
|
1
H
H
1

first motion, the S&A device is remotely switched to the armed position.
The destruct system is made inoperative in flight by disabling the secure

command receiver command circuits at a time when the vehicle reaches a point
in its trajectory where the vehicle 1s no longer dangerous to ground installations.

Figure 4.2.3-16 shows a block diagram of this system.
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. Equipment Installations — Figure 4.2.1-2 illustrates the PU probe
“#.  4{nstallations and the location of the avionic equipment in the forward
%f portion of the vehicle. Assembly and installation of the PU probes is

accomplished inside the tanks. Probe wiring tetmiﬁateé in capécitance-
to-frequency converters as close to the tank bulkhead feedthrough as

possible to minimize cable capacitance effects.

Other avionics equipmenté are grouped together near the retrorbcket
in the ﬁose of the vehicle. Orbiter interface wiring is routed through a
tunnel aft'to the orbiter/tank interface. It should be noted that the
booster/orbiter interface wiring must also pass through the HO tank.

B.4-29



MDC E0558
PART i1~ VOLUME | 15 MARCH 1972

‘ 5.0  Orbiter HO Tank Parallel Burn Two 156" SRM
An HO tank is expended every orbiter flight. This requires that the

configuration design and design details be considered conscientiously

in order to minimize cost,in light of the L53 units to be constructed.
However, the innovations incorporated to reduce cost must not result in undue
weight penalty (reduction in mass fraction). Unique designs, processes and
manufacturing methods must be exploited to achieve the desired results in

the finely balanced trade studies between weight, cost and schedule. One

of the major difficulties facing the tank designer will be to "Keep it simple"

and to prevent the HO tank from becoming the equivalent of another stage.

5.1 Phase B Extension Final Design
The impact of the final sizing to a propellant weight of 1,577,900 pounds

is shown in Figure 5.1-1. The only significant changes from
the analysis baseline, to be discussed later, are the tank dimensions shown
and an increase in tank inert weight to 68,625 pounds and a change in

mass fraction to 0.9583.

. 7 ) I
Wprop"1,577,900 LB o | / /-
K o . /. ,’

A .

: _;/ T
: sh% ‘ s: I_-g—“’/
N ' '
LH,
53, 956 FT> ue
19R
996 100 =
1689
. Figure 5.1-1 Tank Geometry - Parallel Burn
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5.2 Analysis Baseline

The orbiter HO tank (propellant weight of 1,530,800 pounds) has been
analyzed and designed for the parallel burn-two 156" SRM configuration.
The ascent configuration for the vehicle is shown in Figure 5.2-1.

3 1,530 800 LB PROP WT ,
BTN\ MR- 60 ) [ !
A = 0.9586 AR\ @
.200 :
4 tuf\i/sfﬁ_— ORBITER ——
LHy TANK | 4 { - STA3l

52185 F13—~
| 169

o

I

Y \ Nt e

Figure 5, 2-1 Orbiter HO Tank Parallel Burn-Solid (Two 156") Booster

5.2.1. Configuration Definition

The analysis baseline used for the HO tanks is shown on Figure 5.2.1-1,
An inboard profile of this tank is shown in Figure 5.2.1-2. All
of the major subsystems are shown in the figure, while significant
configuration characteristics relating to it are shown in Table
5.2.1-1. Mass properties are shown on Table 5.2.1-2. This table shows
two weight statements: the preliminary parametric weights, which are consistent
with the mass properties status report, and the completed analysis weights
which represent a later iteration in design and analysis. Included in the .
weights is a contingency allowance of 57 for the body group, 10Z for the )

induced environmental protection, and a 2% growth and uncertainty allowance
on the total dry weight.
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W = 1,530,800 LB : , 7T
PRQP | / '//'I
L | i

0 - | A _Z(éj\

voL - ‘ i e e T _ l

- 10mFP LT T A
| » | -T /tﬁ
. ‘ \.- (’ ) . - -

| AN LH, VOL = 52,185 FT3 /

| : 196R 340
—-l—ms |
| J 163 |-180 996 98 |-

420

1,694

Figure 5.2.1-1 Tank Geometry - Parallel Burn

DEORBIT RETRO
ROCKET

JACKETED LOX -
RFEEDLINE

AVIONICS

-

2 TANK VENT CONTROL : LH2 P.'U. PROBE
LOX P.U. PROBE :

~LOX VENT /4
-/

Figu_re 5.2.1-2 Inboard Prcfile - Parallel Burn
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Table 5.2.1-1

GROSS WEIGHT .
USABLE PROPELLANT WE IGHT (INCLUDES FPR)
MIXTURE RATIO
PROPELLANT MASS FRACTION ¥
PROPELLANT TANKS

@ D IAMETER

@ LENGTH

@ MATERIAL

® PROPELLANT LOCATION

® BULKHEADS-

'@ BOOSTER/ORBITER ATTACH
FEED LINES

VENTS

PROPELLANT UTILIZATION
INSULATION

DEORBIT

Table 5.2.1-2

15 MARCH 1972

Configuration Characteristics - Parallel Burn

1,596,911 LB
1,530, 800 LB
6.0:1

0. 9586

340 INCHES
1,694 INCHES (LD = 5.0)
2219 ALUMINUM
LOX FORWARD
COMMON BULKHEAD
FORWARD BOOSTER ATTACH/ORBITER AFT
LOX - 1 X 17 INCHES DIAMETER
LHp - 1 X 16 INCHES DIAMETER
- TANK LOCATED |
CLOSED LOOP ,
EXTERNAL FOAM WITH FIREX - 250 ABLATOR
SINGLE SRM IN NOSE CONE

Weight Summary - Parallel Burn

COMPLETED

PRELIFINARY PRELIMINARY  COMPLETED
PARRETRIC  AWALYSIS PARNETRIC  ANALYSIS
WIS, IS, » WIS, S,
BV GROP (47601  (49,020) | ELECT/INSTREENTATION (@) [ 24
BEL TAK (19,560) (2,605 | BATTERIES 2
AFT BULGEAD 2,010 3,56 POER DISTRIBTICN 2
CYLINDRICAL SIDEWALL U550 19,04 EBW FIRING INITS -3
OKIDIZER TANK (7120 (8150 | P ELECTRNIGS 10
FHD BULKHEAD 460 £51 RNGE. SAFETY D
SIEALL 6.320 7.4 INSTRMENTAT Il 7
wm 30 30 COX AD WIRING , 148
FHON BULKHEAD (390 (4,30 SYSTEN | '
BOUSTER/OHB/TAK ATTACH Gan  wee | ERIT L3600 {200
NGSE FAIRING (60 ( iy | CRMTWUMERIAINY G4 [ 2,MN0ep (1.265)
UMBILICAL PAVEL C I 0 IRY WEIGHT. €37 64,550
TUHEL. ( 20 ( 2000 | RESIAL PROPELLAMS (3753 [3.84)
INIUCED ENVIRONENT PROTECT. [ 9.6501 L6560 |  1AK UDRAINGBLES 1 1o
"« ABLATOR gu0 53 | FED LNE TRFED 1 v
FOR 650 P PRESSURANT 2,85 2,80
PRIFER. PAINT AD SEALER 600 gp | BLBIS A s
PRPELLANT SYSTEIS (53700 (5.265) | LERT WEIGH 6,100 68404
FEED SYSTEM 3,500 3438 | g .
PRESS. AUD VENT 140 1.%6
s & WO COTRL o 2 | OGRS iElan LI6IL 1,599,204
P SYSTEIS 19 B | X % . 9
hamis o = 0.5% 09572
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‘ 5.2.2 Vehicle Analysis

The structural loads on the vehicles were calculated for a range of

conditions and the most critical loads were determined for use in
tank design. Figures 5.2,2-1 and 5.2.2-2 depict ‘the maximum 1oads imposed
on the tank structure from both ground and flight conditioms.

)
:
;; 00—
o3
z3
Q)
23
-l_‘ u
Q e
w
i

. o |

. e 1090 1500
‘ , STATION (HICHES)
40 TANK

Figure 5.2.2-1 Ground Wind Loading Envelope - Parallel Burn

- 4
| < D :: PRE-STAGING »
. o K HEADWIN LIFTOFF

MAXIMUM COMBINED LOADING ENVELOPE
Ng LIMIT (THOUSAND LB8/IN.)
[
I

. /Nl | | |

v ¢ 500 1000 1500
‘ STATION (INCHES)

NO TANK

Figure 5.2.2-2 Maximum Ascent Ldading Condition - Parallel Burn
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Ground Wind Loads —- The maximum ground wind load condition on the HO
tank was for tanks fully loaded and a one day exposure wind. The wind was
applied in the direction tending to separate the orbiter from the HO tank.
The height above ground to the base was assumed to be 97 feet. A drag
coefficient of 1.2 and a design factor of 1.5 were used in the computation
of airloads. The maximum combined axial and moment compression loads
with unpressurized tanks is shown in Figure 5.2.2-1. Combined loading is
quite small in compression, since the HO tank is supported in the axial

directibn at the forward end.

Ascent Loads -- Ten load conditions were analyzed on the HO tank. These
are shown in Table 5.2.2-1. The maximum combined axial and moment compression
loads with unpressurized tanks is shown in Figure 5.2.2~2 for three load
conditions. These may not be the design loads, however, when internal pressure,
ambient pressure, temperature, and dynamic amplification factors are considered

in the sizing program.

Table 5.2.2-1
" LOAD CONDITION SUMMARY

15 MARCH 1972

. . : a Nx Ny Nz
LOAD - TIME MACH q (B) .
CONDITION - (SEC) NO. (PSF)  (DEG)
SRM's TIED DOWN;
ORBITER THRUSTING 0 0 0 - 1.0 0 0
LIFTOFF 0 0 0 - 1.0 0 -.308
LIFTOFF 0 0 0 - 1.0 0 .308
25K TAILWIND . 57 .95 508 -4.72 1.76 0 .322
30K HEADWIND 62 1.28 751 11.04 1.73 0 -.254
30K SIDEWIND 62 1.18 640 @ = 7.00 1.72 -.181 -.024
. _ (B ==7.03)
MAX ACCELERATION 124.9 4.10 84 6.56 2.58 0 .230
PRE-STAGING 124.9 4.10 84 6.56 78 0 234
~ POST-STAGING 125 - 4,10 84 6.56 . .93 0 .262
ORBITER BURNOUT 500 - 0 0 3.00 0 .547
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‘ 5.2.3" Vehicle Design
' This section contains the description of the design tasks performed in

structural/thermal protection, propulsion, and avionics.

.5.2.3.1 Structural Design

The five basic structural systems of this orbiter HO tank are a nose fairing,

LOX tank, common bulkhead, LH2 tank, and attach structure, as shown on

Structure Description -- The nose fairing is similar to that on the series
burn vehicle except for its shépé. The LOX tank is made up of a forward dome,
a cone and cylinder, consisting of 8 staves each, and the common bulkhead. The
forward dome, cone, and cylinder are welded monocoque structure, and each is
welded to adjacent components through Y-rings. The staves in the cone ahd
cylinder are machiﬁe tapered skins surrounded by constant thickness weld lands.
The forward dome géres are constanﬁ thickness machined skins, bordered

. | by constant thickness weld lands. The common bulkhead consists -of eight

integrally machined waffle (isogrid) gores, welded to a polar cap of
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similar construction., The dome assembly is welded to the cylinder

through a Y-ring as shown. The LOX tank is designed to withstand 30 psi
ullage pressure and LOX hydrostatic head. Lift-off and 3 g flight conditions
were considered in determining the maximum head pressure'at various stations
in the tank. The wall temperature'used is -298°F in the liquid area

and +45°F in the ullage area. The all welded monocoque construction requires
the staves and gores to be machined from plite.to provide a skin sized to
resist pressure loading,with an integral weld land around the periphery.

The basic skin may or may not be tapered, but the weld lands #re of constant
thickness. Reduced material allowables due to welding réquire the land to
be at least twice the maximum basic skin thickness. The forward dome is
designed for ullage pressure,which resulted in a constant hominal skin
thickness of 0.048. This gage 1s thin enough to require chem milling after
machining, which dictates a tolerance of t.008. The conical section of the
LOX tank tapers from a nominal size of .080 forward to .139 aft. The
forward plane resists ullage pressure only,while the aft plane is sized for
ullage and head pressure. Chem milling is not required; so tolerances of
t.OOS were used to derive nominal sizes. The cylindrical section of the tank
tapers from a nominal size of 0.131 inches forward to- 0.176 inches aft. The
entire cylinder is sized for ullage andvhead-éressufe. Tolerances of t.OOS
were used. The common bulkhead is designed to resist both burst caused by
LOX ullagevand head pressure and a reverse buckling condition caused by LH2
ullage pressure combined with a loss of pressure in the LOX tank, a negative
Ap = 40 psig.

The LH2 tank consists of a cylinder, aft dome, and the common bulkhead

described above. The cylinder has a long monocoque center section,made
up of 8 welded machine-tapered staves with constant thickness weld lands,

| and two short end bdrrels,each consisting of 3 welded 1sogfid staves. The
aft dome consists of 6 gores welded togethef and to a polar cap. They are
constant thickness machined skins with constant thickness weld lands. Each
component is welded to adjacent components through machined rings. A
computer program is used to determine the most critical of seven failure

modes: hoop stress (burst, yield, proof), longitudinal tension (yield,
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For buckling,

the monocoque structure was analyzed using the method described in NASA
SP-8007, '"Buckling of Thin-Walled Circular Cylinders." ' The waffle (isogrid)
structure was analyzed using the methods of MDC E0375, Space Shuttle Data,

Part I11, Booster, Airframe, Appendix B.

weight summary of the tank analyses.

Figure

5,2.3-2

presents a

This curve is the locus of all

minimum-weight designs, and includes the effect of a pressure tolerance of

tl.O psia. The absolute optimum design is seen to occur at 37 psia. A

summary of the critical design conditions is presented in Figure 5.2.3-3.

The orbiter burnout condition is critical over most of the tank, because the

temperature at this time (500 seconds after 1liftoff) has increased from -423°F

to -66°F, thereby reducing the ultimate tensile stress from 94,500 psi to

66,500 psi. The remaining part of the tank sidewall is buckling critical

during the pre-staging condition.

orbiter burnout condition. -

program are presented in Figure 5 .2.3-1.

The aft dome is critical during the

Nominal dimensions determined by the sizing
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Figure 5.2.3-2 LH2 Tank Weight Vs. Ullaege Pressure ~ Parallel Burn
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Figure 5.2.3-3 Structural Design Conditions - Parallel Burn

The forward and aft attach structure in this design resists both booster
and orbiter loads. Forward attach structure consists .of external fittings
connected to the Y-ring at the common bulkhead, the booster attach doubler
which is bolted to the Y-ring and down the length of the forward LH, tank

. 2
waffle barrel, and the ‘two frames at each end of this barrel. The aft attach

- structure consists of an external fitting which is bolted to the aft waffle

barrel and the two frames at each end of the barrel. The inner caps and
diagonal truss members of all frames are machined as one part from plate

stock and mechanically attached to outer caps which are welded to the cylinder
and domes as shown. The most forward and most aft frame caps are also dome

Y-rings. Sizing of the HO tank attachment structure between the orbiter

and the two SRM boosters was based on the most critical condition experienced.

Conditions investigated were liftoff, maximum oq (30K headwind), maximum

acceleration, and pre-staging. Results of this investigation for the forward

and aft attachments are shown in Tables 5 .,2,.3-1 and 5.2,3—2. The material
used for the attach structure is 2219-T87 aluminum, except for the socket
fitting,which is 200 grade maraging steel. Added structural weight of the
HO tank barrel at the forward booster attachment to distribute longitudinal
booster attach loads consists of 1818 pounds. The attach structure is shown
in Figure 5.2.1-2.
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Table 52.3-1 Forward Tank Attach Design

_ DESIQN STRESS ALLOWABLE 4
. . ITEM CONOITION (rs1.) (rs1.) n.S. WEIGHT (LBS.)
Sway Brace . : : .
Twe (2) - Pre-Staging f. = 11,050 F = 12,000 .08 2 x 168 = 336 377
Fitting (2) Pre-Staging f,, = 87,400 Fyp = 100,000 4 4x10.2-40.8 :
Side Link Liftofs C 1= 11,200 F. = 11,200¢ 0 4
Frame :
Outside Cap Liftoff f_ = 94,500 Foy = 94,500 0 585
Inside Cap Liftoff . f_ = 66,800 Fey = 66,800 0 228 2088
Diagonals Liftoff f c"® 35,500 Fc = 35,500* 1] 1575
Cross Brace Liftoff f_ = 25,000 F. = 25,000* ()} 600
Socket Fitting (2) Max. Acc. f, = 180,000 Fb = 252,000 .40 | 2 x 169 - 338
Dowbler (2) Max. Acc. f, = 62,000 Fey = 62,000 o| 2x202 564
*Buckling - : - TOTAL = 4328
‘ Table 5.2.3-2 Aft Tank Attach Design
4 DESIGN
. ITEM CONDITION STRESS ALLOWABLE M.S. WEIGKT (LBS.)
g, | FTomea Sta: 1597 f .= 66,800 F 66,800 0 1315
A Outer Cap ‘ Liftoff .= 66, = 66,
Inner Cap Liftoff £ = 66,800 FEY = 66,800 0 1295 3565
Diagonals Liftoff fo = 28,100 FC = 28,100* 0 955
Frame, Sta. 1457 i
" Caps Pre-Stage fc = 66,800 Fcy = 66,800 0 ) 415 1415
Web Pre-Stage fs = 11,000 Fg = 11,000% 0 v 1000
Drag Load Fitting
Web Pre-Stage f; = 38,000 Fg = 38,000 0 57
Flange Pre-Stage fc = 50,000 Fcy = 50,000 0 364 438
Tank Flange Pre-Stage fc = 50,000 Fcy = 50,000 0 17
Skin Uoubler Pre-Stage fc = 50,000 Fcy = 50,000. 0 . 300
Orb Load Links Li ftoff fc = 50,000 Fc = 50,000* 0 2 x35 70
Side Load Straps 1 -Liftoff ft = 63,000 Fey = 63,000 0 2x16 : 32
Booster Side Load . : :
Fitting . 2x25 50
Booster Load Links ' | Liftoff fy = 63,000 Fey = 63,000 0 4 x160.5 | 642
. ' o ' TOTAL = | 6512
- * Buckling . ' :

Notes: (1) Booster 1oad 1inks not included with HO tank weight
(2) Booster sids load fitting not analyzed ‘
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Fracture Control -- The summary write up on fracture control in .

Paragraph 4.2.3.1 is equally applicable to the parallel burn configuration.

5.2.3.2 _Thermal Protection System

The baseline external cryogenic thermal protection system is shown in

Figure 5.2.3-4., .The features of this. insulation system are described in

Paragrapa 4.2.3.2.

Thermal Environment - Figure 5 .2.3-5 shows the aerodynamic heating used to
size the HO tank insulation system for the parallel burn - solid (two 156")
configuration. The insulation thickness distribution is shown in Figure
5.2.3-4 for the 200°F case, Ablator thicknesses required to protect the foam on
the base from the radiation from the booster plumes are shown in Figure 5.2.3-6,
As base heating rates are much higher than the aero heating rates shown
in Figure 5.2.3-5, the temperature gradients through the ablator are much
higher.. ' A
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TPS Materials -- Paragraph 4.2.3.2, including Figures 4,2,3-6, 4.2,3-7,
and 4.2.3-3,is equally applicable to the parallel burn configuration.

5.2.3.3 Propulsion Subsjstem

The parallel burn HO tank propulsion system consists of the LOX and LHZ
feed systems, LOX and LH2 vent systems, LOX and LH2 pressurization systems,

pneumatic system "and sump and vortex control systems.

' Thisiconfiguration, which must support an orbiter start under sea
level conditions, employs a single LOX feed liﬁe penetrating the hydrogen
tank. The Lﬁz feed system also employs a single feed line from the tank to
the orbiter. Geyser control, engine preconditioning and feed system pre-
conditioning are affected by gound overboard bleed. A schematic diagram of
this system is shown on Figure 5.2.3-7.

VENT,

LOX PRESS DISCONNECT (3IN. DIA)
LH2 PRESS DISCONNECT (3IN. DA )
LOX FEED DISCONNECT  (I7IN.DiA)
LH2 FEED DISCONNECT  (I6IN.DIA)
HELIUM DISCONNECT  (0.25iN.DIA.)

Figure 52.3-7 Propellant System Schematic - Parallel Bum
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® |
OrbitertHO Tank Vent Systgms -- The vent system configuration and method

of sizingvfér the parallel burn configuration is similar to that of the series
burn configuration. A separate vent sizing for the parallel burn case was
not made. Instead the same size vent valves (ll-inch diameter) were used
for.the parallel configuration as were used for the series configuration.
The rationale involved waé that although the parallel burn LOX tank has a
larger surface area, it is located closer to the ground and is more sheltered
from the wind. Therefore, the heat transfer per unit area would be reduced.
These compensating factors would combine to give a similar steaay state standby

boiloff rate to that of the series burn configurationm.

Propellant Utilization System --The propellant utilization system selected
for the parallel burn configuration is identical to the series burn system.
A closed loop capacitance probe utilizing software probe shaping is baselined.
As in‘the series burn case, cost effectiveness dictates the use of closed loop

rather than the open loop approach; a cost advantage of approximatelyv SSGE results,

A Closed loop residuals are considered to be 0,25% of the ascent load
ke whereas the S-IVB worst case demonstrated residual was 0.17% of the ascent
% load. .Current technology and the 2Z EMR controlled SSME should result .in

much improved performance.

Nominal Residuals -- Table 5.2.3-3 shows the nominal residual
inventory. Since the parallel burn configuration has only a single LOX feed-
line, feedline size (and overall tank weight) can be minimized by staggeriﬁg
the engine start times.. Since the engines are started on the ground, no
velocity losses result from the staggered start. The staggered start does
resulé in the start propellant (propellant burned prior to liftoff) being

greater than the start losses for the series bum.
The single LOX feedline draining from the bottom of the LOX tank allows

the design of a true zero drop-out sump for the parallel burn configuration,

which reduces the LOX tank undrainable to zero.
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Table 5.2.3-3 Propellent Inventory - Parallel Burn ‘ ‘
PROPELLANT BEIGHT - LB
TOTAL | TAMK RESIOUALS
LoX LHz "LOX LMy
ASCENT 1,012,114 218,686
START PROPELLANT 7.414 1.481
SHUTDOWN ADJUSTRERT 150 87
FEEDLINE RESIDUAL 918 285 222 9
CHILUDOWN RESIDUAL 1M 6 0 0
ENGINE RESIDUAL 1,072 75 0 '3
PU BIAS -~ 0 547 0 547
TANK UNDRAINABLE 0 100 0 100
PRESSURANT 1,740¢ 785¢ | 1,9200 | 970%e
NOMINAL LOAD 1,323,544 222,022 :
LOADING ALLONANCE 13,235 2.220
MAXIMUM LOAD 1,336,779 224,242
PROPELLANT BELOW TANK -13.104 2366
MAXIMUM LOAD IN TAMK 1,323,675 223,876
voLiBiE FT3 .
PROPELLANT VOLWSE IN TARK 18,643 " 50,939
TANK VOL FOR FLUIDS (2% MIN VLLAGE) 19,016 51.958
VOL. DISPLACED BY INTERMAL LOX FEEDLINE 0 221
TOTAL TANK VOLUME 19,016 52,185
* INCLUDES OWLY PRESSURANT FROM LIQUID.
#* |NCLUDES PREPRESSURIZATION GASES
LOX TANK: 180.LBS - - LM, TANK: 175 LBS

Chilldown is accomplished for the parallel burn configuration by dumping
propellants overboard prior to liftoff. The line size and routing for this
case results in lower chilldown residuals than for the recirculation system
used for the series burrn configuration.

Deorbit Propulsion - The SMR shown on Figure 5.2.3-10 provides the
thrust necessary to deorbit the HO tank. The SRM is attached to the forward

LOX dome with a thrust structure and is protected during ascent by the nose

cone.

Characteristics of the SRM and thrust structure are shown in the figure.
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. | Feed System - LOX is supplied to the three 470K (vac) thrust Hi P
. ) . . B [od
engines from the tank through 17-inch diameter feed lines which are routed
through the LH2 tgnks. Figgre: 5 .2.3-8 shows the system. Hydrogen is
supplied through a single 16 inch diameter line as shown on Figure 5 .2.3-9.

A ENGINE INLET
B LIQUID LEVEL AT END OF THRUST DECAY
C LIQUID LEVEL AT ENGINE CUTOFF COMMAND
CONDITION SHOWN IS AT END OF THRUST DECAY
1 . " COMPLETELY FILLED WITH LIQUID

. . " PARTIALLY FILLED WITH LIQUID

Figure 5.2.3-8 LOX Feed System

o LINES ARE CONSIDERED FULL . gL
SUBSEQUENT TO CUTCFF AND 9518 -
THRUST DECAY RESTOUAL

Figure 5.2.3-9 LH2 Feed System /
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Figure 5.2.3-10

5.2.3.%4

Deorbit System - Parallel Bum

Avionics

15 MARCH 1972

CHARACTERISTICS

THRUST = 88,180 L8
BURN TIME = 3.22 SEC
Is3 = 268 SEC

V=283 FTAEC
MOTOR LENGTH = 114 IN.
MOTOR DIA. =24 IN.

. PROPELLANT WT.= 1663 L8

TOTAL MOTOR WT.= 1870 LB
SYSTEM WT. INCLUDING SUFPORT
STRUCTURE=2178 LB

NOZZLE TYPE = CONICAL ABLATIVE
THROAT DIA. = 6.3 IN.

" EXIT DIA. = 20 IN.

EXPANSION RATIO = 10
MEDP = 1 860 PSIA .
SAFETY FACTOR = L§

The avionics summary in Paragraph 4.2.3.4 is equally applicable for the
parallel burn configuration.
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6.0 Test and Manufacturing

6.1 Development Testing

Test planning for the Space Shuttle is guided by the gfpundrules that
a baseline céﬁcept configuration is availab;e at the program outset, that the
configu:ation is frozen early in the engineering design phase, that horizontal
flight testing will be used to opfimize landing techniques, and that five orbital

flights are adequate proof of vehicle capability.

The test program includes ground tests of models, test units, and simulators.
These are used to evqlve the flight test vehicles. Two flight vehicles are required
to verify horizontal aero-flight capability. Use of two vehicles assures flight

test flexibility and the capacity to meet and handle all contingencies.

6.1.1 Ground Testing - The ground testing is a progressive process that
verifies portioﬁs of the system in discrete steps. The configuration, the
functional subsystem, and the structure are each proven so that the Orbiter vehicle
can be certified for horizontal then vertical flight as seen in Figure 6-1

and explained below.

Some test units are retained in working condition beyond the First Mated

Orbital Flight (FMOF) for possible flight test support.

6.1.2 Flight Testing - Flight testing of the Space Shuttle Orbiter will be

conducted in two segments: 1) Orbiter horizontal takeoff flight tests in which an
individual Orbiter makes a rolling takeoff from a runway using its airbreathing
propulsion system; and 2) vertical takeoff flight tests in which the Orbiter is

mated with a Booster and launched vertically into orbit.

Horizontal takeoff tests will utilize two prototype Orbiters to verify aero-
flight and landing capability. A total of 402 flight hours of testing is required.
The first horizontal flight is scheduled for 1 September 1976. (Figure 6-2)
Initial testing will be performed at Edwards AFB with the final portion of this

phase flown from Kennedy Space Center.

Five vertical flight tests will be conducted with these same two orbiters.
All five of these flights are planned to be manned, orbital flights from Kennedy
Space Center, with the first occurring 1 March 1978. These flights will be heavily

instrumented but actual payloads are to be carried, and all mission phases are
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FICURE 6-1 ‘
ORBITER/SYSTEM® LEVEL - SUMMARY "GROUND TEST SCHEDULE
TEST cv72 | o3 CY74 cyis cv16 Y17 cY7
MAJOR MILESTONES h 'za _Z_ . X o XP T

1 WIND TUNNEL

2 MAN-IN-LOOP FLIGHT

SIMULATION ]
3 DYNAMIC MODEL : i ORBITER - HO TANK SYSTEM | |
. COMPL. FOR NORIZ. FLT.
4  STRUCTURAL VERIFICATION: - . | O J
- COMPL. FOR FMOF AVAIL A
S  HYDRAULICS AND CONTROLS R I..CM st ORLFEE, B REQUIRE
TEST UNIT : : — — 'm'm ) :
UL o ALE MO,
6 - ] AVAIL aS
AVIONICS SYSTEM TEST UNIT . . . REQUIRED|
7 MAIN PROPULSION SYSTEM
INTEGRATION ) ::Avumm AS REQUIRED
8 SEPARATION ) |
9 THERMAL CONTROL ) . ‘
10  VERTICAL GROUND , :
Py VIBRATION (GVT) :
) . . - HORIZ. GVT INSTALLED =
11  FLT. VEHICLES USES TTALLED SUBSYSTEMS 1=
: v 11 L4 ( SUB-SYSTEMS =~ TESTS. , | .

-

#*REFERENCE: SERIES PRESSURE FED 6RBI'IER

1. Wind tunnel testing acquires the data needed to analyze aerodynamics, thermodynamics, loads, structural dynamics,

and the propul'sion technologies. Tunnel occupancy hours is estimated to be 29,000 hours for Orbiter testing
and 6,000 hours for. mated and proximity testing.
2.. Pilot interfaces, handling qualities and flight procedures are evaluated with man-in-the-~loop flight aimulation.
3. .Dynamically scaled models of the Orbiter, HO Tank, and Booster ‘are .tested- to acquire structural dynamic char-

‘acteristics data to enhance analytical ‘modeling. .

4, Structural verification encompasses strength, safe-life, and functionality (e.g., landing gear deployment). The
Structural Test Article utilization is supplemented with testing of other multi-purpose structural test sections.

S. Hydraulic subsystem and flight coatrol system integration testing 1s'accomplished using the Hydraulice and
Controls Test Unit.

6. The Avionics System Test Unit, supplemented with commercial computational equipment, is used for hardware
integration testing and software validation. o

7. Cluster firing for integration testing of the main propulsion eystem employs a 'boilerplate' HO Tank which
allows simulation of flight 'g' effect on the propellant column above the engines by increasing tank ullage
pressure, ' i

8, Separation testing employs planar mass-inertia models and flight hardware interconnects. Booster-Orbiter staging
{8 accomplished along with various modes of HO Tank and Orbiter separation.

9. Thermal control verification data is acquired from heat balance tests employing portions of the Structural Test
Article supplemented by structural test sections. .

10. Low energy dynamic responses and modal damping characteristics are acquired by use of the Orbiter and HO Tank

' structural test articles. These data verify hardware characteristics in the ascent configuration. ’

11, A horizontal ground vibration test (GVT) is performed on Orbiter No. 1 prior to First Horizontal Flight.
Installed suboystems tests are performed on both development vehicles.
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Figure 6-2
FLIGHT TEST PLAN
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erified. Subsequent to the five vertical, developmental tests, all flights are

&

Categorized as.operational flights but some developmental testing may ‘also be
A ‘ _

'&<

performed.

6.2 Manufacturing

Manufacturing activity during the Phase B Extension Study périod has been
directed at supporting design engineering in performance of conceptual design trade
studies, and in analyzing néwly selected design concept baselines to determine
their impact on the previously established manufacturing approach. The primary
conclusion of this manufacturing analysis is that the latest selected Orbiter

design concept is easier to manufacture because of the:

1) Reduction of the size of the Orbiter from 174.7 ft long by 63.7 ft high
with a 107.5 ft wiﬁg'span, to 123 ft long by 45.1 ft high with a 79.6 ft wing span.
2) Removal of the internal, structurally integral, main propulsion system

‘tank.
3) Change in material for the vehicle structure from titanium with boron
aluminum stiffeners to an all aluminum structure.

4) Change of the orbital maneuvering, attitude control, and air breathing
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®
propglsion systems from internal, structurally integral systems to separable, self- ’
contained modules. ’
5) Change in design of the Orbiter vehicle to a more conventional aircraft

monocoque type of structure.

The reduction in size of the Orbiter vehicle reduces manufacturing parts and
assembly sizes. These are more compatible with existing machine tool capabilities
and capacities, allow greater application of standard raw material stock sizes,

and permit consideration of a greater number of manufacturing locations.

J
Removal of the internal, structurally-integral main propulsion tank, coupled

with the change tc a more conventional monocoque type of vehicle structure, permits
a manufacturing breakdown of the Orbiter body into more conventional aircraft

fuselage section assemblies. This allows a greater subdivision of the manufacturing
effort, facilitates performing the manufacturing operations in parallel, and results

in a shorter manufacturing schedule time span.

Removal of the internal tank and the reduction in the vehicle size allows a
manufacturing breakdown of the vehicle into sections that are small enough to be A
air transportable. This removes all requirements for barge transportation (except

for the external main propulsion tank) .

An all-aluminum Orbiter structure eliminates the cost of titanium and boron-
aluminum materials. It also results in cost and time savings by eliminating the
hot-forming operations and the titanium piece parts. The more complex fabrication

of boron-aluminum parts is also eliminated.

The design change to separable, self-contained propulsion modules for the

orbital maneuvering, attitude control, and air breathing propulsion system

promotes manufacturing replaceability and potential interchangeability. It makes
}gf ’ possible complete manufacturing and acceptance test of the modules at single

locations. It also reduces manufacturing schedule span time by permitting more work

to be performed in parallel.

B.6-4






