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FOREWORD

This report documents The Aerospace Corporation effort on
Study 2. 3, Systems Cost/Performance Analysis, performed under NASA
Contracts NASW-2575 and NASW-2727 during Fiscal Years 1974 and 1975.
'The effort was directed by Mr. B. H. Campbell. Mr. R. D. Kramer,
Marshall Space Flight Center and Mr. R. R. Carley, NASA Headquarters
were the NASA Study Directors for this study. Their efforts in providing .
technical direction throughout the duration of the study are greatly ap-
preciated.

This volume is one of three volumes of the final report for

Study 2. 3. The three volumes are:

Volume I Executive Summary

-Volume I Systems-Cost/Performance Model
Appendix Data Base

Volume III Programmer's Manual and User's Guide

Volume I summarizes the overall report. It includes the
relationship of this study to other NASA efforts, significant results,
study limitations, and suggested additional effort.

‘ Volume II provides a detailed description of the Systems Cost/
Performance Model. It also includes the model checkout and the results
for three payload test cases. The Data Base is provided in the Appendix
to Volume II.

Volume III provides a detailed de scription of how the Systems
Cost/Performance Computer Program is organized and operates. The

program listing, detailed flow charts and user restrictions are included.
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1. INTRODUCTION

1.1 - GENERAL

During the precedmg year and a half a new methodology for
developing balanced designs of spacecra.ft subsystems which interrelates
cost, performance, safety, and schedule considerations was developed as
part of the FY 1973 and 1974 NASA Study 2,3 (see Ref. 1-1° and 1- -2). The
methodology consists of a two-step process: The first step is one of select-
ing all hardware designs which satisfy the given performance and safety
requirements. The second step is one of estimating the cost.and schedule
required to design, build, and operate each spacecraft de51gn Using this
methodology to develop a Systems Cost/Performance Model allows the usez
of such a :m.odel to establish specific designs and the related costs and
schedule. In addition, t’he user is able to determine the sensitivity of
design, costs, and schedules to changes in requirements.

Previous cost modeling approaches fall into one of two basic
categorles "bottom-up’’ or 'top~down. "' The ""bottom-up!' approach
depends on development of a specific system. Detailed estimates of tasks,
material costs, manpower requirements, and schedules are made, and
totdl estimates are obtained by summing individual costs and task durations.

) "Top-down! models use cost estimating relationship (CER)
approaches to estimate the cost of 2 specific system (see Ref. 1-3), In
these models, the CERs are related to distinct parameters such as weight
(See Figure 1-1). The deficiency of the CERs lies in that, although they
identify what are cost drivers, CERs do not model why and how the costs
are driven by the parameters., . l

Since CERs have not been complétely successful in meeting the
prime criterion of determining sensitivity of cost to changes in program

requirements, top-down approaches were judged unacceptable for a cost/
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performance model. Hence, it was thought that a model oriented from the
bottom-up could lead to fulflllment of this criterion. The bottom up
approach would allow the cost estimate to be based directly on technical
performance and complexﬁ:y of design.

During the FY 1973 effort, a set of basic equations, termed
"aggregate equations, "' were written to describe the performance, safety'
(reliability), cost, and schedule required for one type of stabilization and
control subsystem in terms of the equipment used, The FY 1974 and 1975
efforts were devoted to refining the meéhodology, applying it i_:o unmanned,
automated spacecraft subsystems, and implementing the reéulting model

as a digital computer program.

1.2 OBJECTIVES

This effort had four objectives. The first objective W;a.s‘ to refine
and improve the cost/pe:rfonnance methodology which was developed during
the FY 1973 study. The same two-step procéss of first establishing hard-
ware design and then estimating costs and schedules was retained. However,
incomplete portions of the methodology such as thé cost and schedule models
were to be improved. A product of this effort-is the Systems Cost/Perfor-
mance Model shown in Figure 1-2.

The second objective was the application. of the cost/performance

methodology to the following vehicle subsystems:

a. Stabilization and control (S&C)'
b, Auxiliary propulsion subsystem (APS)
c. ‘Communications, data pProcessing and instrumentation (CDPI)
d. Electrical power (EP) . '
' 1. Sources
2. Conditioning and distribution
e. Thermal-control' subsysterm (TCS)

f. Structure

1-3
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The third objective was to xmpf{ement the Systems Cost/Perfor-
mance Model as a digital computer prograimn. The program would be used
to perform initial program planning, cost/ perfomlance tradeoffs, and
sensitivity analyses, . }

The fourth objective was to brin g the Systems Cost/Performance
Computer Program to an operational state on Marshall Space Flight Center's
Univac 1108 computer.

1.3 APPROACH

The general format of the vehicle design/equipment sclection
model is presented in"ﬁ‘igure 1-3. The subsysiems to be modeled are
represented by solid boxes. Mission equipment, which was not modeled
as part of the effort, is represented by’;a box with broken lines. The

modeling applies to unmanned, automated spacecraft éncluding:

a. Defense Systern Commumication Satellite (DSCS II)
b. Defense Support EProgram {DSP)
- ©. Earth Observatory Satellite (EOS)
.d. High Energy Astronomy Observatory (HEAO)}
e. Large'Space Telescope (LST)

The vehicle subsydtems! models have four keir parts: .

2. The input data required to establish.a specific design and the
necessary equipment,

b, . An a.lgor:thm which selects acceptable designs a.nd the hardware
required to'implement the designs.

c. The output data including a desc ription of the design, the equip-~
ment list associated with the design, and any other data required
to interface with other portions of the Cost/Performance Model.

d. A data base consisting of off-the~shelf hardware from which the
design algorithm can select.

The following tasks were performed in order to ensure that the

models would be as complete and operational as possible.
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1.3.1 Functional

One of the first tasks was to determine the functions performed
by each Asubsystem and by specific hardware types within the subsystem.
Obviously, interfaces_between subgyétems determined somé of the functions
to be performed. The outline of these functions had fto be complete; since
potential subsystem designs are, for the most part, related directly to the

functions they are required to perform. '

i,3.2 Block Diagrams

Block diagrams were developed for all generally used subsystem
configurations. The block diagrams contained the equipment types used
in each configuration and illustrated the functions performed by the equip-
ment. Since there may be an infinite number of block diagram variations, the
designer established certain general block diagrams that were valid for most

designs.
1,3,3 De siﬁn'Aigori’chrn

The design algorithm performs the function of selecting pre~
configured subsystem designs which will meet the input requirements. This
implies that, as part of the vehicle design algorithm, a complete set of
alternative designs has been established from which to choose.

The design algorithm consisted of a composite of logical and
arithmetic operations. An example would be to determine whether to use
gaseous nitrogen or bipropella.ﬁt and then what quantity for the auxiliary
propulsion subsy:stem_, A l:l}gicai decision as to which propellant should be
used may be made on the basis of the required total impulse, The amount
of the prépalla.nt can be calculated by knowing the required total impulse and
the propeil_ant‘s specific imgul'se‘. This example incorporates a simple
logical decision {based on certain assumptions and approximationsj with an
arithmetic calculation. In addition, the aigorithﬁ result may be overridden
if the program input data specifies that a particular propellant {e.g., gaseous

nitrogen) will be used.
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1,3.4 Hardware Selection

Given any specific design meeting the input requirements, the

hardware (and software) required to implement such a design must be
selected and sized. The hardware is selected ;from available off-the-shelf
hardware which is listed in the data base. Obviously, the model must be
capable of differentiating between hardware components of the same type
and of determining which hardware component has the characteristics to

satisfy all of the requirements.
1.3.5 Input Data

In order to have a workable algorithm, the exact input data list
required to select a design and size the necessary equipment has been
established. The input data include subsystem performance requirements,
interface. requirements, and all other data necessary to make design de-
cisions. The input data list is extensive in order to allow specialists to
exercise a great deal of control over the model, .-On the other hand, repré—
sentative values were established which the mociel used in the event that
the user did not wish or could hot specify all of the input data.

As part of this task, the required input data was segregated
into three categories. The first category was the list of user inputs which
were essential to the operation of the model and which wbﬁld not allow the
use of representative values. The second category of user inputs was the
set for which constant values could be used as representative values. An
example is zero cost when the mission equipment cost is unknown. The
third category included all user input based on other data if the user did
not supply the specific input. Equations were developed for the third
category relating the specific inputs to other data in the miodel or data
provided by the user. These equations are applicable to the range of pay-

load designs currently within the design capability of -the model,
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1.3.6 Aggregate Equations

The aggregate equations are a set of basic equations describing
the technical performance, safety (reliability), cost, and schedule 1n terms
of the equipment used in the specific configuration. A list of the Systems
Cost/Performance Model parameters described by aggregate equa.tlons is
presented in Table 1-1.

As an example, the aggregate equation for the pointing accuracy
(which is a technical characteristic) of a three-axis stabilization and control
subsystem (in this example, a specific design type) considers Vanables
such as horizon sensor noise and misalignment, . gyroscope drift and mis-
alignment, amplifier noise and offset, and electronic deadzone. Each of
these variables is multiplied by a computed senmtwﬂ:y coefficient and com-
bined in either a worst case or a root- sum-square fashion to form the
aggregate equation for the S&C pointing accuracy.

Generally, the technical characteriéti.cs and safety aggregate
equations were used to ascertain whether a specific design with specific
hardware satisfied the input requirements. The remaining model parameters,
including cost and schedule, were used as output variables describing the
specific design's characteristics. However, any of the parameters could be
specified as an input parameter. Examples would include weight, volume,

cost, or schedule constraints.

1.3.7 Data Basge

A data base consisting of off-the-shelf hardware was established.
The data content would revolve around each bardware component. The

data for each component would consist of four types:

a. Performance
b. Reliability
‘Cost
Schedule

0
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Identification

Subs ystems
Configurations
Equipment types

Equipment

Performance

Ta:_ble 1.1, Model Parz;.meters

1.1 Technical characterisfics

1,1.1
1.1.10

1.2 waer

1.3  Weigh

1.4 Volum

Subsystem-peculiar; no more than ten items
per subsystem: does not include items listed
below ’ ’

Average power

Peak power

Minimum power

Nominal voltage

Maximum voltage specification
Minimum voltage specification

1.4,1 Total volume
1,4,2 Length
1.4,3 Width
1.4,4 Height
1.5 Inertiz
1.5.1 I
X3
1,5.2 I
vy
1.5.3 I
ZzZ
1,6 Vibration specification
1,6,1 Random
1.6,2 Nonrandom
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Table 1~1, Model Parameters (Continued)

1.7 Temperature specification
1.7.1 Maximum temperature limit
1.7.2 - Minimum temperature limit
1.8 Ambient pressure specification
Safety
2.1 Reliability assessment

2.1.1 MMD
2,1.2 Reliability
2,1,3 Reliability truncation time

2.2 Failure detection probability (fault isolation)
2.3 False alarm probability
Cost

3.1 DDT&E

Design engineering

Tooling and test equipment
Qualification units

Test and evaluation

Quality control

Systems engineering and integration
Program management )

W Wwwwwiw
L]

P et et et e et e
L ]

~ O U1 s 0 B e

.

3.2 Investment (Recurring)
3.2.1 Engineering
3.2.2 Production
3.2.3 Tooling and test equipment
3.2.4 Quality control
3.2,5 Systems engineering and integration
3.2.6 Program management

3.3 Operations



Table 1.1, Model Parameters (Continued)

Schedule

4,1

rh:k-rlkr-h
U b L D

Component design and development
Component qualification

Subsystermn development

Subsystem qualification

System test, checkout and flight readiness
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The four types of data. would contain sufficient information to:
a. Allow the equipment selectlon algorithm to select specific
pieces of equipment
b. - Allow the aggregate equations to be computed

c. Provide necessary output data

The data was collected from 1n house, Air Force, and NASA
sources. 'Selecting the equipment components to be incorporated in the
data base was the responsibility of the technical spec1a11sts. Reliability,
schedule, and cost data for each equipment component was obtained by the

reliability, schedule, and cost specialists,

1.3.8 Computer Program Model

The Systems Cost/Performance Model was implemented as a
digital computer program. The pro gram was ertten in the Ianguage of,
Fortran IV as adapted to the CDC 7600 computer and the Umva.c 1108
computer (for use at MSFC). The program included the Systems Cost/
Performance Model (presented in F1gure 1-2) .and the related data base.

1.3.9 Corhp{lter Program Printout

The computer program printout was to include three levels of

detail, any of which could be requested by the user, The first level is

an overview which states the various subsystem configurations, space-

craft weight, and total cost. A more detailed printout {the second level)
could be requested by the user and would include all subsystem level
infom:Lation, including the subsystems' components, weights, volumes,
costs, and schedule durations. The third level of detail specifies the '
design down to the assembly level, including the assemblies' weights,
volumes; power requirements, costs, and schedule dura.tmns. To sum-
marize, the three levels of printout corresponded to “the system, subsystem,
and assembly level of design. The appropriate de51gn, cost, and schedule
lnforrnatlon would be printed out at each of these levels as requested by

the user.
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1.3.10 Model Checkout

Two forms of model checkout were performed. The first was a
set of computer runs to ensure that both the logic and arithmetic models
were accurate and complete and that all submodels were interfacing
properly. The second set of computer runs was limited to a few special
runs, selected for the purpose of comparing the Systems Cost/Performance
Model against actual cost, performance, safety and schedule data and

against other existing models.

1.3.11 NASA Support

Support was provided by The Aerospace Corporation to MSFC
to bring the Systems Cost/Performance Computer Program to an opera-
tional state on the Univac 1108 computer. This support consisted of
both engineering and programming support. The computer program and
data base were altered as required in order to be compatible with the
Univac 1108. Both the macro and micro search modes of program opera~-
tion were exercised. Dummy data was used in the data base where

necessary to properly exercise the micro search mode.



2. MODEL OVERVIEW

2.1. GENERAL
2.1.1 Systems Cost/Performance Model

The general c}ancept of the Sgrsj:ems Cost/Perfoer,ﬁce Model
was illustrated in Figure l-Ztand is repeated in Figure 2-] for the con- -
venience of the reader. The ;mer of the Qost/Perforznance:'Model must
. supply certain progra;;n data which would no ‘:rma.lly includg‘ the payload
pPerformance requirements as well as éeneral information necessary to
select-a payload desigfl.\ _"I’he' technical pozl-tion of the model.consists of
a two-step process: the first step is to seiéct.gubsjstem configurations:
which are a.ch:ceptable to:the user,and the second step is to select equipment
from a data base to mec-hanize the subsystem E.;onfiguré.tion. The reliability
portion of the model adds redundancy to the desi‘;gn such that the
reliability requirements are met. The resulting output of the technical
model is any number of payload designs which meet or exceed the'input
requirements. The acceptable designs are specified down to the subsystem
component {assembly) level. The cost and séheéulg. req‘u'ﬁ"ed to désign,
build; an;i operate each payload design is'estirna!ted by summi:ng'up the
individu_al cost and schedule allocations baseq ‘01-'1 each en;i item assembly

specified as part of the i)articula.:r: design.-

2,1.2 .. Subsystem Interaction

The technical portion of the Systems Cost/Performance Model
was depicted in Figure 1-3-and is also 1:epeated for the convenience of the
reader in Figure 2-2. The expanded detail summarizes the inputé required
by each subsystem. - . '

Most importantly, the interaction betvv;ete:n subsystems as a desigﬁ

problem is illustrated. In order to'design thé stabilization and control (S&C)
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subsystem, the vehicle weight, dimensions, and mon‘ients ;)f :mertia must

be known. Design of the auxiliary propulsion subsystem (APS) requires
knowledge of the total impulse and thrust levels from S&C. Design of the
data processing (DP} subsystem requires knowledge of the telemetry and
data processing requirements for each piece of equipment in the vehicle.
Design of the communication subsystem requires knowledge of the command
and communication requirements for the entire vehicle, Design of the electrical
power (EP) subsystem requires knowing the power requirements. Deter-
mining the structural makeup of the vehicle and the weight, dimensions,

and inertias requires some insight into what is contained within the vehicle
and what the environment is. The reliability requirements impact the’
design of every subsystem through the addition of redundancy. The major
point to be made here is that by modeling the interaction of the subsystem
design processes, the Systems Cost/Performance Model is not only a sub-

system design tool, but is also a system design tool.

2.1.3 Model Operation

The Systems Cost/Performance Model approach to designing

payloads is illustrated in Figuré 2-3. The starting point consists of a

data base. The data base contains a large array of equipment (asseinblies)
which are to be candidates in designing the payload. Each éiece of ‘equipment
in the data base has its attributes specified. The attributes include: technical
characteristics; power requirements; weight, voluma,n’vibration, tempera-
ture and pressure specifications; command and telemetry requirements;
a reliability description; and cost and schedule allocations.

The general approach to establishing a specific payload design
is to select any combination of equipment from the data base. Next, the
payload performance, safety, cost, and schedule can be estimated by using
a set of aggregated equations (design algorithm) to process the equipment
attributes, If the payload attributes, as determined by the aggregate equa-

tions, meet the user supplied requirements, then the specific design is
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printed in an answer matrix as an acceptable design. If the payload
attributes are not satisfactory, the design attempt is aborted. In either
case, the Cost/Performance Model continues to try new combinations of
equipment from the data base. The net result is a complete set of payload

designs meeting or exceeding the input requirements.

2.2 SUBSYSTEM MODEILS

2.2.1 Subsystem Configurations

A subsystem configuration is a general design type for which
equipment listed in the data base will be searched out in order to mechanize
the design. Configurations, then, are synonymous with subsystem types.
The configurations incorporated in the Systems Cost/Performance Model
are listed in Table 2-1. ‘

Table 2-1, Configurations

Stabilization and Control
a. Dual spin

b. Yaw spin

c. Three-axis mass expulsion

d. Mass expulsion with control moment gyros
e, Mass expulsion with pitch momentum wheel

Auxiliary Propulsion
a, Cold gas
b. Monopropellant
c. Bipropellant

Electrical Power Sources
a., Body mounted solar arrays

b. Oriented solar array paddles
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Table ‘2—1. Configurations (Continued)

Electrical Power Conditioning

a. Shunt regulation

b.  Shunt and dis charge regulation

c. Series load regulation
Commaunications

a. Separate uplink and downlink

b, Unified link, common antenna

c. Unified link, separate antenna

d. Unified link, common antenna, plus

separate downlink
e, Unified link, separate antenna, plus
separate downlink
Data .Processing
a. General purpose processor

b. Special purpose processors

Thermal Control

{Dependent on other subsystems and component
requirements)

Vehicle Shapes
a. Cylinder

b. Box

c. Sphere -
Structure

a. Semi-monocoque
Redundancy

a. Single system

b. Dual system
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Each configuration has associated with it certain data including:

a. Compatibility or incompatibility with other subsystems'
configurations?

b. Types of equipment required to mechanize the configuration,

C. Cost data. :

d. Schedule data,

2,2,2 Equipment Description

The model selects equipment for a specific design in one of
three ways:

a. Most equipment is'selected from the data base on the basis of
technical performance.

b, Some equipment which cannot be differentiated on the basis of
technical performance is called up from the data base on a
first called basis in order to provide a complete design
description, *

c. Certain equipment is not amenable to cataloging in the data
base. .This equipment is identified and specific parameters
are determined. Examples include the wiring harness and
the thermal control subsystem components.

_ An example of an equipment description in the data base is
provided in Table 2-2, '

2.2.3 Design Algorithms

The design algorithms for all subsystems are summarized in
the following paragraphs. The inpﬁt data required by each subsystem is
stated with the source of the data given in parentheses. A brief statemen
of what the subsystem design algorithm does is provided along with a

summary of the outéut information.

2.2.3.1 Stabilization and Control Subsystem

a. InEut Data

1, Vehicle orientation (User)
. Orbit altitude (User)

2
3. Mission lifetime (User)

4, Attitude control requirements (User)

5. Vehicle physical description (Vehicle Sizing)

*It is proposed that this category be eliminated in future models by
differentiation of all equipment as suggested in paragraph a,
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Table 2-2. Data Base Exa.fnple

Subsystem: Auxiliary Propulsion (0808)
Configurations: Monopropellant

Equipment Type: Thruster {(TRW 404620)
Performance

' Technical Characteristics

{n Thrust level {H)
(2} Pulse life (cycles)
(3) Tnlet pressure (N /mz)
{4} Total impulse {(N-sec)
{5) ISP (sec)
{6)
(7)
(8}
(%

(10)

Power-

Average Power {watis):

Maximum Power {watts):

Minimurn Power (watts):

Nominal Voltage (volts):

Maximum Voltage (volts):

Minimum Voltage {volts):
Converter/Inverter Requirement {flag):

Weight (Kg):
Volume (ce):
Vibration

Randon {g, rms):
Non-Random (g):

Temperature

Maximum {(deg K):
Minimum-(deg K}:

Pressure {psia):

18
93, 000
4.14% 10
6,49 x 10% -
230

6

{near zero) |
5.5 - :
0.0
23.0
32.6
26.0
N.A*®

0.3
1700

322
278

{Unknown)

*Not applicable
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Table 2-2, Data Base Example {Continued)

Performance (continued)
CDPI

Power Switching Commands (No.):
Time Tagged Commands (No.):
Other Commands (No.):
High Rate Telemetry
Number of Analog Points (No.):
Number of Digital Points (No.):
. Sample Rate (sec-1):
Word Length (bits):
Low Rate Telemetry
Number of Analog Points (No.):
Number of Digital Points (No.):
Sample Rate (sec‘l)
Word Length (bits):

Safety

Failure Model (flag):

Failure Parameters +9
Failure Rate or Mean (x 107 7 hr):
Standard Deviation (x 1079 hr):
Dormancy Factor {N.D.):

Total Number of Redundant Elements (No,):
Cost

Design Engineering ($1000):
Test and Evaluation ($.1000):
Unit Production ($1000):
Reference Quantity (No.):
Factor (N.D.):

Schedule

Development Lead Time Constant (months):
Development Lead Time Variable (months):
Qualification Lead Time Constant {months):
Qualification Lead Time Variable (months):
State-of-Art Factor (N.D.):

COOoOQ OO0 O

0~ QN

b O e i
[
O= oo

*Non-dimensional
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Ca

4.2.3.3

- %

b.

1, Se ]:Eacts attitude measurement equipment..-
2. Selects momentum exchange equipment.
3. Computes attitude control thrust level,
4, Computes total impulse required.

Output Data

1. S&C equipment

2. Attitude control thiust level

3, . Total impulse requirement

Auxiliary Propulsion Subsystem

Input Data

1, Powered flight thrust level (User)
2. Attitude control thrust level {S&C)
3.. Total imgulse requireme;ni: (S&CH
1,  Selects thrusteér equipmen

2. Selects propellant equipment}

3. -Selects pressurant equipmeéent,
Qutput Data o

1. ~APS equipment

2, Propellant description

Data‘Processing Subsystem

1,

"J'.nR;lt Data
Selected equipment (Subsystems)

2. Equipment command requirements (Data Base)

3, Equipment telemetry requirements (Data Base)

-Model

1, Selects computer or one digitalxtelemetry unit per
commmunication downlink, '

2. Selects command distribution equipment.



Ce

2.2.3.4

Ce

2.2.3.5

C.

1.
2.

. Ou_tIgut Data

DP equipment
Bit rate for each downlink

Communication Subsystem

InEut Data

1.

2..

3.

SGLS or USB compatibility requirement (User)
Range and range rate requirement (User)
Bit rates (DP)

Model

1.

Selects communication equipment.

Oui_,jaut Data

i,

Communication equipment

Electrical Power Subsystem

Input Data

1, Selected equipment (Subsystems)

2. Equipment power requirements (Data Base)

3. Voltage regulation requirements (Data Base)

4, Power conditioning requirements (Data Base)

Model

1., Sizes solar array.

2. Selects batteries and voltage regulation equipment,

3. Selects power conditioning equipment based on requirements

of all other selected equipment.

Output Data

1.
2,

Solar array description

EPe quipment
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2,2.3.6 Thermal Gontrol Subsystem

a. Input Data
1. Ozrbit description (User)

2.  Attitude control description (S&C)

3. Selected equipment (Subsysterhs)

4, Equipment ;ic;wer requirements {Data Base)

5, Equipment temperature control :t*equ'iremen‘ts {(Data Base)
b.  Model

1. Sizes thermal mass, insulation,' heaters, radiators,

‘louvers, and heat pipes,

c. - Qutput Data

1, Thermal control description

2.2,3.7 Vehicle Sizing

a. Input Data
1. Selected equipment (Subsystems)

2. Eéuipment weights and volumes (Data Base)

3. Structural description {(Structures) .

4. Mission equipment description (User)’

5. Maximum diameter, length and weight (User)’
b, Model

1. Estimates structural weight.

2. Estirnates thermal control weight,

3. Estimates mechanism, booms, and electrical harness weight.

4, Estimates total vehicle weight.

5. Estimates adapter weight,

6, ° Estimates vehicle dimensions,

7. ° Estimates moments of inertia.
c. Cutput Data

1, Vehicle mass

2. Vehicle dimensions

3, Vehicle moments of inertia
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2,2.3.8 Structural Subsystem

a, InEut Data

1, Vehicle weight and dimensions (Vehicle Sizing)
2. Structural material description (User)
3. Launch loads environment (User)
b. Model
1, Sizes monocoque wall thickness,
2. Determines equivalent semi-monocoque wall thickness.
3. Determines ac:i':ual wall thickness based on optimum weight
design.,
4, Determines stringe;t' size and spacing.
5, Determines frame size and spacing.
6.  Sizes end covers and center plate (if applicable),
7. Sizes mission bay and solar array extensions,

C. Oui:Eut Data
1, Skin thickness

2, Stringer size, number, and locations

3. Frame size, number, and locations

4, End covers and center plate dimensions

5. Mission bay and solar array extension dimensions
2.3 RELIABILITY MODEL

As a result of satisfying the input performance requirements, a
finite number of designs are established by the Cost/Performance Model.
As the next step in proce ssiﬂg these designs, the reliability aggregate
equations are brought into play. These equations are categorized as reli-
ability assessment, failure detection probability, and false alarm probability
aggregate equations,

The first of these equations, the relia.bili:ty assessment, is used
to calculate the reliability of each configuration. This is done at an element

level. Each identifiable subsystem component is considered as an element.
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Thus, horizon sensors, inertial reference units, computers or conti'c:i
logic, thrusters, a;ld propellant tanks would qualify as subsystem elements,
Failure rate information stored in the equipment data base for each com-
ponent is extracted as needed by the model. The failure rates are then
combined by the religbility equations to calculate total reliability for a
given mission duration. The calculated reliability of each particulaf design
is evaluated against the specified level provided as the model iﬁput. How-
ever, the design is not discarded if it does not meet the specified relia.biiity
level. Instead, a search for the least reliable element is initiated, The
criterion for least reliable is that element which if made redundant, results
in the la,rgest increase in reliability or in.mean mission duration per unit
weight or cost increase. Upon identification,, it is paralleled by an
identical unit, and suitable aggregate-equations are used to recalculate the
system reliability. The evaluation and paralleling process continues until
the redundancy exceeds a specified limit If the system still-does not meet
the spec1f1ed reliability, the system is deleted from con51derat1on as a
viable single-string system. However, should it at any time meet or surpass
the required reliability level, agg:.reg‘ate equations are used to calculate
system failure detection and false alarm probabilities. The process des-
cribed above continues until each design stored -as a result of meeting per-
formance requirements has been processed,

The required input data includes:

a. - Mission life (User)

b. System reliability (User)

c. Basis for selecting redundancy (User)

d. = Selected equipment (Subsystems)

e, Equipment reliability description (Da:ta, Base)
f. Equipment weight or cost (Data Base)

The reliability aggregate equation procedure described above
constitutes one-~half of the total reliability model. Following completion

of the basic scheme, the whole procedure is repeated with each design



mechanized as an active/standby (dual string) system. The term active/
standby refers here to a completely separate system in addition to
modular levels of redundancy.

The output information supplied by the reliabil'ity- model includes
the redundancy required fc;r each component and the amount of expendables

(propellant) required.

2.4 COST MODEL

The Cost Model consists of cost aggregate equations which proces
cost information associated with each subsystem component. This costing
technigue requires each component to have cost information for each of the
five cost categories illustrated in Table 2-2.

The required input data includes;

a, Selected equipment (Subsystems)

b. ° Equipment costs (Data B.ase)

¢, ° Number of qualification vehicles (User)
d. Number of production vehicles (User)

The Cost Model adds up the following cost information for every

piece of equipment (up to 39 types) selected from the data base:

a. Design engineering

b. Test and evaluation

C. Pr-oducti.on engineering
d. '[:Tnit production

Cost estimating relationships {CERs) are used to estimate the

costs for components which are not amenable to cataloging, including:

2. Structure

b. Thermal control

C. Wiring

d. Power conditioning equipment
e, Solar arrays

f, Propellant tanks



‘The nonrecurring cost for each’ corhix‘)xi"exit .takes into account
redundancy, deviations or improvements in design, and i;ifia:tion. The
average recurring cost for each equipment component is adjusted to account
for redundancy, labor, materials, deviations or 1mprovements in design,
and inflation. If more than one unit is to be built, a learnmg curve is used
to account for reduced unit cost as additional quantities are built,

Remaining cost categories including:

a. Toé)ling and test equipment

b, Quality control

C. System engineering and inte gration
d, Program management

are estimated on the basis of predetermined percen-tages of the total of
each of the four basic cost categories.

The total nonrecurring cost is then the summation of the non.
recurring costs for all the system components. The total recurring cost
is the summation of the products of the equipment quantities and the appro-
priate average recurrmg costs. The total spacecraft cost is obtained by
summing tha? total recurring and nonrecurring costs and then adding in the

mission equipment cost and contractor's profit,

2.5 SCHEDULE MODEL,

Schedule aggregate equatlons estimate the amount of time requu-ed
to develop an operational system. The aggregate equations estimate the

following five schedule phases:

a. Component design and development lead time
b. Comi:onent qualification lead time

C.. Subsystem development lead time

d. . Subsystem qualification lead time

e. System test, checkout, and flight rea,dmess

In general, the estimates of the schedule lead times are functions of the

hardware and software selected by the Cost/Performance Model. The
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justification for such an approach lies in the fact that specific ‘equipment
provide an indication of the complexity of the system and, hence, a
measure of the time required to complete the activities associated with
the system.

The input data required by the schedule model includes:

a. Selected equipment (Subsystems)
b. Equipment lead times (Data Base)
The model performs the following operations using the appropriate

aggregate equations:

a. Computes the development and qualification lead times for.each
component, . T

b. Computes the development and qualification lead times for each
subsystem,

c. Computes the system lead time,

d. Determines the critical path.

e, Computes the total program duration,

The schedule model output includes the various lead times, the total program

duration, and the critical path,

2.6 COMPUTER PROGRAM

The Systems Cost/Performance Model has been implemented as a
digital computer program. The program is written in the language of
Fortran IV, as adapted to The Aerospace Corporation CDC 7600 computer
and MSFC's Univac 1108 computer. The program includes the Cost/
Performance Model and the related data base.

2.6.1 Program Techniques

The Systems Cost/Performance Computer Program incorporates
three techniques to make the program as efficient ag possible while retaining
maximum versatility. The first technique is to pre-sort the equipment

data base according to attributes specified by the program user. This



technique is desirable in order to allow the progrém to selec;t equipm'éht
from the data base on the basis of the first i)iec;e identified which satisfies
the requirements,

" The second technique consists of having the program always do
a ‘macro search of éombinations of niajor.su};system configurations.
As an example, one combination of major sybsystem ’"con'figxirations would
be a three-axis stabilized payload using cold gas _pxo.pé']:lé.nf,' oriented
solar array paddles, shunt power regulation, and so forth. ‘The subsystem
configurations have been specified in Paragraph 2.2. 1.

The third techniqué is to mechanize j:h-e-digif:a}. pzjagra.m.{:o have
the capability to try all combinations {micro search) of equipment in any
gingle subsystem if requested by the user. The user must specify the
configura:f:ion types of the other subsystems in exe;:cising this option. The
program will select, design, and print out all acceptable combinations of
equipment for the specified subsystem. T‘his tgéchl;zigue or option zliows

the subsystem specialist to perform detailed trade studies.

2.6.2 Program Operation

The general sequence followed by the computer prograni is to
read the input requirements, make one pass through the subsystem design
algorithms, determine the required redun;!an;y, and then make a second
pass th_:rough'the subsystermn design algorithms with the data obtained from
the first pass, Redundancy is not altered on the second pass primarily
because the reliability model is extremely time-consuming, Cost and

schedule are estimated for each acceptable design.

The computer program sequence is as follows:

a. Read the ‘input reguirements supplied by the us 6:.31‘.
1. Subsystem requirements ‘
Z. Safety, cost and schedule requirements
3. Mission equipment. description
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c.

S.

—~

4. Pre-sort attributes
5. Micro-search option
6. Macro-search preference

Pre-sort the data base according to the attributes specified
by the user.

Set up a new design attempt. This will be a new combination
of configurations if the program is in the macro mode. If ]
micro mode, this will be a new combination of equipment from
the data base for the specified subsystem.

Test to ensure that the subsystem configurations are compatible.

Establish an initial estimate of the vehicle size based on the
mission equipment description. .

De'sign the stabilization and control subsystem.
Design the auxiliary propulsion subsystem.
Design the data processing subsystem. ‘
Design the communications subsystem.
Design the electrical power subsystem,

If this is the first pass through the logic for the particular
design, add the necessary redundancy to the components to
meet the reliability requirements. If this is the second pass,
the reliability model is not used. -

Design the thermal control subsystem.
Perform vehicle sizing.
Design the structural subsystem,

If this is the first pass through the logic for the particular .
design, make a second pass through the logic using the infor-
mation collected during the first pass.

Estimate the cost of the particular payload design.

Estimate the schedule for the particular payload design.

If the design is acceptable, print the output information
describing the design, -

Return-for a new design attempt, as necessary.
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2.6.3 Programp Input

The input requirements to be supplied by the user are separated
into three categories: required, desirable, and optional, The required
inputs are those inputs which are es sential to the operation of the program
and which will not -a.llow the use of representative values. The design
attermnpts by the program would be meaningless without this minimal set of
requirements. The second category of (desirable) inputs is that set which
describes the mission equipment or mission requirements. The third
(optional) category is that set of detailed inputs which allow the user to have
almost complete control over the program design attempts. Hence, the
optional inputs are intended to allow the user to perform detailed trade

studies and sensitivity analyses.

2,.6.4 Program Output

. The computer program printout provides three levels of detail.
The system level is an overview which states the various subsystem con-
figurations, the spacecraft weight, and the total cost. A more deta:.led
printout can be requested by the user and includes all subsystem level
information, including the subsystems- components, weights, volumes,
costs, and schedule durations., The third level of detail specifies the
design down to the asg sembly level, including the assemblies’ weights,
volurnes, power requirements, and costs. To summarize, the three
levels of printout correspond to the system, subsystem, and assembly
level of design. The appropriate design and cost information is printed
out at each of these levels as requested by the user.
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3. STABILIZATION AND CONTROL SUBSYSTEM "

3.1 ' GENERAL
3.1.1 Subsystem Functional Description

'}E’hg stabilization and control (S &C) s:ubsystem stabilizes the
spacecraft to a desired accuracy about a trackiﬁg line from a reference
on the vehicle to an external reference. The external reférer;ce may be
the locé.l vertical of a planet, the sun, or a more distant star; an inertial
reference; or the line of sight to a natural phenomenon like a gravity gradient
or the lines of the earth's magnetic field. In many cases, a platform free
to rotate with respect to the main structure Sfithe vehicle must ;3.150 be
ali gneii with an external reference. On the Orbiting Solar Observatory {OSO),
for example, the basic "wheel" of the satelliteis lined up with the earth's
local vertical, while the solar paddles are point‘e‘d at the. sun,

The necessary accuracy of attitude stabilization depends, 'of"
course, on the mission of the vehicle, Formost purposes, +.0.017 radians
{1 deg) is SUfﬁCiePﬂY; fc;r special experiments, -48-97 wrad {10-20 arc sec)
or better may be needed, C‘ren‘e:c:all!,jer épea:king, éystem performance is the
result of design tradeoffs involving accuracy, average available power,

the vehicle’s moments of inertia, and the'maximum disturbing torques.

3.1.2 Subsystem Configurations

Five S&C subsystem configuration models have been developed
for the Systems Cost/Performance Model. The five configurations which.
are described briefly in the following sections, include:

a. Dual spin

b, Yaw zpin

. Three-axis mass expulsion

d. Mass expulsion with control moment gyros
€. Mass expulsion with pitch momentuni wheel
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3.1.2.1 Dual Spin Configuration

-

The dual spin spacecraft, shown in Figure 3-1, consists of a
spinning portion of the vehicle and a portion which is despun relative to
the spinning portion. The spinning portion of the dual spin vehicle provides
stiffness in roll and yaw (the vehicle spins about the pitch axis). The error
in these two axes is very small and only needs correcting on the order of
once a month. For this purpose, an open loop axial thruster system is
employed which is actuated on command from the ground. An on~hoard -
system could be an alternative.

The despin control system provides the function of control about
the pitch axis by keeping the despun section pointing at the center of the
earth in the pitch direction. The despun section normally provides the stable

platform required by certain mission equipment,

3.1.2.2 Yaw Spin Configuration

The yaw spin satellite, shown in Figure 3-2, obtains its name
from the fact that it normally rotates about its yaw axis. The spm.mng of
the satellite about its yaw axis, which is pointed at the earth's center,
performs the function of providing a scan pattern for the mission equ1p-
ment. The mission equipment is earth pointing and is mounted at a small
angle to the spin axis.

Since (a) the spin axis must be kept pointing at the center of the
earth and (b) the vehicle re guirements call for long life, it is not feasible
to rotate the momentum vector at orbital rate. Therefore, a counter-
rotating reaction wheel keeps the spinning spacecraft's net momentum:
near zero,

The S&C subsystem performs the function of control about the
pitch and roll axes to keep the spin (yaw) axis pointed at the center of the
zarth. The spinning vehicle, along with synchronous sampling of a horizon
scanner which scans in one plane, provides the two-axis control utilizing a

single sensor and thruster.
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Figure 3-1. Dual Spin Configuration
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3.1.2,3 Three-Axis Mass Expulsion Configuration

-

The three-axis mass expulsion configuration, shown in Figure
3-3, performs the function of keepi:hg the vehicle pointing at the local
vertical in the orbit plane. The vehicle attitude is sensed by a three-axis
body-mounted inertial reference unit contammg three fate integrating
gyros that are referenced to local vertxcal/orbxt plane (LV/ OP) coordinates
by two horizon scanners and gyrocompa.ssmg.. The vehlcle is maintained
in a fixed attitude with respect to the LV/OP with a pltch prograzn, where
the orbital pitchover rate is achieved by programmmg the a.pproprlate
signal into the pitch gyro. The horlzon scanners bound the effect of gyro
drift, thereby keeping the vertical axis of the vehicle aligned with the
center of the earth. Control of the vehlcle attltude is maintained by the
appropriate signals to the aumlla.ry propulsmn subsvstem to fire the
attitude control jets.

3.1.2.4 Mass Expulsion Configuration with Conitrol Moment Gyros

The mass expulsion configuration with control moment gyros
is derived from the mass expulslon configuration by 1ncorpora.t1ng control
moment gyros (CMGs). The CMGs provide the following improvements

.in vehicle control:

a. More accurate rate and a.ttitude control,

b. Control torque and momentum storage to counteract
disturbance torques. .

c. Control torque for vehicle angular acceleration and
momentum storage for vehicle rotations.

3.1.2.5 Mass Expulsion Configuration with Pitch Momentum Wheel

The mass expulsion configuration with pitch momentum wheel,

shown in Figure 3-4, is an active, three-axis control system incor- .

porating a momentum wheel, attitude sensor, and mass expulsion.jets. The

unique feature of the one-wheel system is the use of an offset roll-actuated
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control torque and the momentwn wheel to control the yaw axis without a
direct yaw sensor. This system performs the following functions:
a. Keeps the antenna beam within a required accuracy of the
desired pointing position.
b.  Keeps the vehicle yaw angle relative to the local vertical
within a required accuracy.

3.1.3 Configuration Compatibility

It is clear from both analysis and actual flight e:.cperience that
limitations exist for the utilization and performance of each of the S&C
configurations. Table 3-1 swnmarizes the limitations. Table 32 sum-
marizes the requirement by the mass expulsion configuration with control
moment gyros for a general purpose processor as part of the data pro-

cessing subsystem.

3.1.4 Equipment Types

The complete list of equipment types from which the subsystem
components will be selected is provided in Table 3-3 along with the technical

characteristics which are used to select an acceptable subsystem design.

3.2 INPUT DATA

The information required to design the stabilization and con-
trol subsystem is identified in Tables 3-4 and 3-5. The tables indicate
what data are used by the design algorithm. In addition, the tables indi-
cate what representative values are used in the event the data are not
supplied. Variable representative values are described in the following
sections. Table 3-4 identifies the data required from the user. Table 3-5
identifies data to be supplied by the vehicle sizing model. Inputs not shown
in the tables are the configuration type specified by the user and the degree
of redundancy required by the S&C subsystem components which must be

specified by the reliability model.
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Table 3-1. Stabilization and Control Confi guration Selection

Three-Axis| ME ME and
. Requirements Dual}{Yaw| Mass with | Momentum
Spin |Spin | Expulsion | CMGs Wheel
Orientation ‘
Inertial Yes | No| Yes Yes Yes
Earth pointing Yes | Yes| Yes Yes Yes
Sun pointing Yes | No | Yes Yes Yes
Maneuverability fequirements
Vehicle sléwing No | Yes Yes Yes No
Pointing'accuracy i ‘
35-170 mrad (2-10 deg) Yes Yes| Yes Yes Yes
3.5-35 mrad (0.2-2 deg) - Yes | Yes| Yes Yes fes
‘0.17-3.5 mrad (0.01~0.2 deg) Yes | No| No Yes No
<0.17 mirad (<0, 01 deg) No | No No Yes No
Rate accuracy -
1.7-17 mrad/sec-(0, 11,0 deg/sec) Yes | Yes| . Yes Yes | ~Yes
0.17-1, 7mrad/sec (0. 01-0.1 deg/sec): Yes | Yes| Yes Yes Yes
<0. 17 mrad/sec (0.01 deg/sec) .| No | No| No Yes . No-:

Legend:
Yes - Configuration can be used
No - Configuration cannot be used
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Table 3-2. Stabilization and Control Configuration Compatibility

Stabilization and Control

Subsystem Configurations

Data Processing Subsystem

General Purpose

Special Purpose

Processeors Processors

Dual Spin Yes Yes
Yaw Spin Yes Yes
Three-Axis Mass Expulsion Yes Yes
Mass Expulsion with

Control Moment Gyros Yes No
Mass Expulsion with

Pitch Momentum Wheel Yes Yes

Legend:
Yes - Compatible
No - Incompatible




Table 3-3. Equipment Types and Their Technical Characteristics
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Equipment Type Configuration(s) - Technical Characteristic " | Notation.
Senso rs:l
Sun Sensor Assembly All
Neonscanning Earxth Sensor
Assembly {with electronics) Dual Spin Sensor noise {deg, 3c) e,
Radiance irregularity {deg, 3o) ey
Quantization error {(deg, 30) ) €y
| Sun intexference (deg, 30) ey
Moon interference (deg, 3o) eg
Thresheld aging (deg,. 3g) eq
Horizon Sensor (with f All e;:cept Dual Spin Sensor noise {deg, 3c) &)
electronics) ’ N Radiance i'rregularity (deg, 3o} ey
Quantization error (deg, 37) ey
Sun interference (deg, 3o} ey
Moon interference {deg, 30) eg
Threshold aging {(deg, 30) e
Null or bias error (deg, 3o} e
Maximum output frequency (rad/sec) Wy
' . .o 1 for star mapper
Star Sensor Assembly (with CMG Type 2 for body fixed {elsctronic) star tracker 51
electronics) 3 for gimbaled star tracker
Sensor accuracy (deg, 3o) Sy
Mapper field of view (degz) s:;
Mapper sensitivity (visual magnitude) £y
Rate Integfatmg Gyr;) All Mass Expulsion "G-msensitive gyro drift (deg/sec, 35)(24~hr stability) g,
Assembly (with electronics) Configurations ‘Total misalignment relative to vehicle {deg, 30) * g,
. ; Gyro scale factor error (N.D,) ‘(24-}.1r stabxli'ty) ‘ ‘ st
" Rate Gyro Assembly . i *Yaw Spin -
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Table 3-3, Equipment Types and Their Technical Characteristics {Continued)

Minimuwmn speed {rpn)

Eguipment Type Configuration{s} Techniczal Charactenstic Motation
Elevtronics:
Control Tining Assembly Dual Spin ° Programmer sine wave {deg, 3a} cy
Drive gquantization and delay {deg, 34} c,
Mezasurement compensation {deg, 3o} €q
Pipper drift (deg, 3g) c4
Quantization noise {deg, 3o} 5
Center Electrical Asgembly Yaw Spin Controller error {deg, 3o} i c,
Attitude Reference Max Expulsion Piteh horizon scanner gain (sec“ll Hy
Electronics Roll horizon scanner gain fo roll axis (sec"l} H@
Roll herizon scanner gain to yaw axis (sec-l} H‘i‘
Piteh feedback gain (sec"l) Hpg
. Roll feedback gain (ssc” ') Hpg
Roll-to-yaw coupling gain (sec.'l) Hpy
Power Converter All Special reguirement code {C_ )
Despin Electronics Assembly Dual Spin
Gimbal Electronics Assembly Pual Spinn Resolver accuracy {deg, 3o} hI
Actuators:
Valve Driver Assembly AlL. -Number of valves
Reaction Wheel Assembly Yaw Spin and ME with Nominal momentom {f-Ib~sec) Hw(nsmB
{with electronics) Momentum Wheel Maximum momenturm {£t-1b-sec) Hw(max)
Mintmumn momentun: {ft-1b-sec) Hw(mm)
Nominal speed {rpm) wyy{nom)
Maximum speed (rpm) ww(max)

wylmin
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Table 3-3. Equipment Types and Their Technical Characteristics {Continued)

Notation

" Equipment Type .

Configuration(s) *

Technical Cha'racteri'stic

Actué.tors {continued):

Single Gimbaled Control
Moment Gyro

Despin Mechanical Aggembly

Biaxial (Gimbal) Drive Assembly
{two required per.antenna)

Nutation Damper

Mass Expulston with
CMGs

Dual Spin

Dual Spin

Dual Spin

CMG momentum’ (ft~1b-sac)

Peak gimbal rate (rad/sec)

Peak torquer torque (ft-1h)

Dearing and motor friction {deg, 3o}
Bearing runcut {deg, 30)

Drive quantization {(deg, 30)

Gimbal drive error (deg, 3a)

| Biax droop error (deg, 30)




Table 3-4. Input Data Supplied by User

Representative
Symbol Name Value
& R 0.75
=)
GR ' Required system pointing accuracy 0,75
v 1 about the roll, pitch and yaw axes (deg)
BR 0.75
z
] R \ ) 0,012
* ‘ Required system rate accuracy about
' the roll, pitch and vaw axes
°r } {deg/sec) 0.012
v
BR © 0,012
%
Sxﬁnax} 1.0
R Maximum maneuver rates about the )
8 (max) roll, pitch and yaw axes, if applicable 1.0
Y {deg/sec)
6 {max) 1.0
Nx 1.0
) Number of maneuvers about the roll,
N . 1.0
v pitch, and yaw axes
N 1.0
z
90 Maximum initial rate {degfsec) 1.0
{assumed same on all axes)
W Average orbital rate {(computed else-
where in the computer program)
{rad/fsec)
T Control system efficiency - 3 with 3-axis

rate gyros,
12-15 with no
rate sensing
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Table 3-4. Input Data.Supplied by User-(Coﬂtinued)

Representative

Symbol Name Value

e 1

Fe Main engine thrust (1b) 4,1

t Main engine burn time (sec) 100.0

Ag Main engine alignment relative to 0.25
vehicle thrust axis {deg)

Ad Lateral vehicle c.g. distance plus 0.04 D
lateral thrust chamber'c. g. distance
from the reference axis (ft)

T Migsion lifetime (months) 24,0

Specific Inputs for Dual Spin.
Configurdtion

0 if errors are desired for spin
® _ }axis relative to nadir 1.0

1 if errors’are desired for pay-
load relative to nadir

Wp Spin rate of rotor (rpm) {(Para. 3.2,1)

N Number of days between corrections | (Para. 3.2. 2)
in the spin axis pointing of the
vehicle

Specific Inputs for Yaw Spin
Configuration

T(min) Minimum payload scan period {sec}) 10.0

Specific Inputs for Three-Axis
Mass Expulsion Configuration

e Maximum programmed pitchover 0.1w
P rate error = 0, (max} - W, {(function

of orbit eccentricity) (deg/sec)
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Table 3-4. Input Data Supplied by User (Continued)

- Symbol

Name

Representative

Value -

—

ax’a:

avg

GS T (max)

FOV

max

thold

taccel

Specific Inputs for Three-Axis Mass

Expulsion Configuration (Continued)

Misalignment errors in mounting
inertial measurement units relative
to vehicle %, y, z axes (deg, 30)

Specific Inputs for Mass Expulsion
Configuration with Control Moment

Gyros

Number of skewed single-gimbaled
control moment gyros (4-6) -

Average body rate for low orbit
during period when high accuracy
is required (deg/sec)

Maximum wvehicle rate at which star
information must be obtained
(deg/sec)

Maximum range of attitude freedom
{full FOV) required to track specific
guide stars over wide range of
vehicle motion (deg)

Maximum maneuver angle (deg)

Time vehicle must be in inertial
hold (min)

Time between unloading wheel
momentum {days)

Acceleration time for maneuvering
(sec)

0.05

0.0667

40,0

180.0

100, 000

{Para. 3.2.3)
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Table 3-4. Input Data Supplied by User (Continued)

" Representative
Symbol Name Value
Specific Inputs.for Mass Expulsion
Configuration with Pitch Momentum
- Wheel T
e Antenna misalignment (deg, 30) 0.1
E Antenna ele'va,tion angle (rad) 0.1
o Thruster offset angle in the roll-yaw 12.0
plane (deg)

Table 3-5, Input Data Supplied by Vehicle Sizing Model

éwnbol Name
D .V.'ehicle diameter (ft)
dT ‘Distance from c.g. to main engine (ft)"
'dx Gas_jét lever arm on roll axis (ft)
dY Gas jet lever arm on pifch axis (ft)
dZ Gas jet lever arm on yaw axis (ft)
T Vehicle roll inertia (slug-ft2)
I, Vehicle pitch inertia (slug-ft2)
I Vehicle jaw inertia (slug-£t2)
Ip Platform spin axis inertia (slug-ffz)
(for Dual Spin)
JR ‘Rotor spin axis inertia- (slug-ftz)
(for Dual Spin)}
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3.2.1 Spin Rate of Rotor™

The quantity Wo is the spin rate of the rotor portion of a dual
spin spacecraft, The highest spin rate possible is desired for stability
reasons. Spin rates are limited to about 565 rad/min (90 ri;')m)'”due to
bearing lubrication considerations. Spin rates range between 377 rad/min
(60 rpm) for large spin-axis inertias (on the order of 407 kg--m2 {300 slug-ftz])
to 565 rad/min (90 rpm) for smaller spin-axis inertias (on the order of
271 kg-mz [200 slug—ftz]). On this basis, an equation for UJR can be written

as:
wo = 12000 » {rpm) (3-1)
1 R
where J_ = spin-akis inertia, slug-ftz. Spin rates are also lifetime

R
dependent in that higher spin rates may be used for a shorter lifetime.

Thus another equation for UJR based on lifetimes from zero to 7.5 years is:

30T

sz = 90 - T“S(Tz)-, (rpm) (3-2)
where T = vehicle lifetime, months. The spin rate, UJR, is the larger

of le and Wr s and is limited to the range between 377 rad/min (60 rpm)
and 565 rad/min (90 rpm). '

3.2.2 Time Between Spin-Axis Corrections

The quantity N is the time between spin-axis corrections in
days for the dual spin configuration. For a synchronous, equatorial space-
craft, the cyclic variation of the spin-axis is due fo solar torgque per-
turbations. Assuming that the vehicle is perfectly balanced, then with
a vehicle momentum of 2710 m-n-sec (2000 ft-Ib-sec), the spin-axis

variation will be 3.5 mrad (£ 0.2 deg) with corrections every 21 days,

*The numbers used to form relationships for Wp are based on qualitative
data from the design of INTELSAT 3 and 4, DS](?ES I-A and II, and TACSAT.
One can infer trends from the design life and mass properties. of these
vehicles. However, these relationships are meant to be empirical and not
to be taken as exact under all circumstances. ' ’
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Assuming a linear relationship, an equation for N is:-

9 g (max) H

No=2l =57 2000
= 0.0525 & (max) H_, (days) (3-3)
where ; .
g(max) = max (0p , 0. ), (deg) - (3-4)
i x z .
i} 2T e b .-
Hv = J R 50’ {(ft-Ib-sec) . (3-5)
and where
‘ BR , BR = required accuracies about the orbital
x z X, ¥y and z axes respectively,” (deg)
'IR = spin~axis'inerﬁ§., (slug-ftz)
LUR = rotor spin rate, (rpm) _,
3.2.3 Acceleratlon Time for Maneuvenng ‘

The input quantity ta.ccel is the a.ccelerat1on t1me required by
the mass expulsion configuration with control moment gyros for maneuver-
ing the vehlcle. )

The maximum maneuver rate, e'rna.x’ is generally 51zed based
on 1arge angle maneuver considerations and is computed as the maximum
of the maneuver rates about each axis. On this bas1s, the maximum

maneuver time can be approximated as:
L

0
t = __Ihax - (3-6)
max )
where max .
8 = largest maneuver angle
] - max
Assuming that a finite time is used to accelerate to emax’“taécé]_ can be
approximated by the following:
t = 0.10¢t ) (3-7)
accel max
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3.3 DU AL SPIN CONFIGURATION

3.3.1 Functional Description

The dual spin configuration components perform the following
functions: N

a. Attitude Sensors. The horizon sensors mounted in a "V"
configuration on the spinning part detect when a point on the
spinning section is pointing at the earth's center. This pro-
vides attitude errors in pitch and roll and also provides a
measure of the spin rate in pitch. -

b. Control Electronics. There are four electronic assemblies
involved: the control timing assembly, the despin electronics
assembly, the valve timing assembly, and the gimbal elec-
tronics assembly. The control timing assembly processes
the difference between the horizon sensor output and a reference
pip between the spinning and despun sections (once every
revolution of the rotor) and converts this error to an analog
signal, This error is sent to the despin electronics assembly
which commands the despin motor to correct for the error.
The control timing assembly also provides a signal to the
valve timing assembly to assist in synchronizing the firing
of thrusters to correct for roll and yaw errors {once every
20 to 30 days). The gimbal electronics assembly also
receives a signal from the control timing assembly which is
used to command the gimbals which point the antennas on the
despun section.

c. Control Mechanisms. There are three mechanisms: the
despin mechanical assembly, the gimbal drive assembly, )
and the nutation damper. The despin mechanical assembly
contains a despin motor which controls the spin speed of the
rotor and the relative alignment of the des pun platform with
the earth. The gimbal drive assembly contains gimbal drive
m.otors to move the gimbals which point the antennas that are
mounted on the despun section. The nutation damper is a
passive controller which is mounted on the despun section to
provide energy dissipation for stabilizing the angular momentum
vector of the spinning vehicle. Deviations in the angular
Mmomentum vector occur due to spurious torques such as
inadvertent mass expulsion, magnetic, gravity-gradient and
solar radiation pressure. This damper helps to provide the
stiffness in the roll and yaw axis.

A block diagram of the dual spin configuration is presented in Figure 3-5.
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Figure 3-5, Dual Spin Configuration Block Diagram



3.3.2 Design Equations

3.3.2.1 DPointing Error

The various contributors to the pointing error in each of the three
vehicle axes are shown in Table 3-6 (see Ref., 3-1), The first two
categories pertain to errors of the spin axis (i.e., platform base) re_rlative
to nadir. The next two cate gories pertain to the errors of the gimbals
relative to the spin axis. The D term refers to errors which are deter-
ministic in nature and have worst case values. These are not RSSed with
the random (R, 30) errors but summed direcfgly with them after the random.
er‘rors are RSSed. )

The earth sensor noise errors are scaled by 1/2. 94 to account

for processing by the control system.,

By

I

el/2.94 (3-8)

E 33/2. 94 (3-9)

il

3
The bearing design dependent numbers and the error due to nutation
are scaled by 75/J_ where J'p is the platform spin axis inertia with a nqn:iinal

value of 102 kg-m* (75 slug—f’c?‘).

It

75 dllJp (3-10)
o.75/:rp (3-11)

D,
N
ixh

The spin axis errors relative to'nadir are all scaled by N/21
where N is the number of days between corrections in the spin axis point-

ing of the vehicle with a nominal value of 21 days.

E, = Ne,/21 (3-12)
Ey = Ne6/21 (3-13)
D, = Nd,/21 (3-14)

The external torque errors are scaled by 320 x 60/JR R (in
addition to N / 21) where the rotor spin axis inertia (J ) has a nommal value
of 434 kg-m {320 slug-ftz) and the nominal value for the rotor spin rate is
377 rad/min (60 rpm.)
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Table 3-6.

Dual Spin Configuration Error Contributors

Error Category

Definition of Error Contributors

Symbol or
Error Value

if Assumed

Deterministic (D)
or Random (R)

Déspin errors

Fixed scan earth sensor assembly

{pitch axis relative =~ Earth sensor noise’ ey R
to nadir) ~ Quantization noise e, R
- Sun interference e, D
- Moon interference eg D
Control timing assembly
- Pipper drift Sy R
- Quantization noise cg R
Despin motor assembly
- Bearing and motor friction d1 R
Nutation 0.01° R
Spin axis errors Fixed scan earth sensor assembly
(roll and yaw - Radiance : e, R
errors relative - Threshold.. . . €y R
to nadir) Despin motor assembly
- Bearing runout dz R
'External torques -
- Mean solar torque 2.02 mrad
_ (0. 116 deg)
~ Solar torque variation 0.52 mrad D

(0. 030 deg)
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Table 3-6.

Dual Spin Configuration Error Contributors (Continued)

Error Category

Definition of Error Contributors

Symbol or
Error Value
if Assumed

Deterministic (D)
or Random {R}

Azimuth gimbal

Gimbal drive assembly

errors {platform - Drive gquantization gy R
pitch error relative - Gimbal drive error g5 R
to the spin axis) - Biax droop error g3 R
Control timing assembly
- Programmer - sine wave cy R
Gimbal electronics assembly
- Gimbal angle determination hl R
Elevation girmbal Fixed scan earth sensor assembly .
errors (platform - Sun ihterference ey D
roll error relative T
to the spin axis) Control timing assz_ambw
- Programmer - sine wave <y R
~ Drive quantization <y R
~ Measurement gquantization Cq R
" Gimbal electronics assembly -
~ Gimbal angle determination h1 R
Gimbal drive assembly
~ Drive quantization gl R
- Gimbal drive error g5 "Ry,
- Biax droop errar : R




My

H

0.116 (320 x 60 N)/(21 JRw {3-15)

r!
M

0.030 (360 x 60 N)/{21 J (3-16)

2 RUR]
The errors due to solar torques are not gcga.led by input solar

torgue values as nominal va:ll‘J.e_S we :re not available. Future work should

include this effect. . ‘

A dual spin vehicle utilizes a linear control law. As a result,

., all noises are random and can bé RSSed to yield the final 30 pointing error.

' The user has a choice of either specifying the spin axis errors

(i. e., platform i:)a,se) relative to nadir:

_ 2 2 2 2. 2 2. 1/2
Kl = (~El +E3 +c‘,_1r jl-cs +_Dl +Nu) (3-17)
EY = ‘(e42 + 352) }'/-2 + KlT (pitch error) (3-18)
2 2,2 2, 1/2.
K, = (E,° +E,“+ D, + M, (3-19)
Ex = EZ = Ml + Kz, {roll and vaw error) (3-20)
or the payload errors relative to nadir (i.e., the gimbals relative to
nadir:
. _ 2 2 2,1/2
G = (gl +g2- +g3) (3~21)
2 2.1/2 2 2 2 2,1/2 .
EY = (e‘::,c + e ) + (K1 + G+ ¢y +h1 } / , (pitch error) (3-22)
. 2 2.1/2 2, 2, 2. 2, 2. .21/2
EX- (Ml +e4) +(K2 +c1 +tcy +c3 +h1 +G) (3-23)

Once the errors (Ex, E , and Ez) are determined, they are
compared with the user—specified system accuracies (GR » Bpos and fr )
. - -

.o Z
to determine whether the design is acceptable.

3.3,2.2 Impulse Requiremenf Sizing

The impulse required for a dual spin configuration is calcu-

lated using the same equations as for the three-axis mass expulsion
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configuration except that rotational maneuvers and limit cycle are not
included. If is unlikely that a dual spin vehicle would be maneuvered

because of the vehicle momentum.

a. Powered Flight Impulse "(.Translatiozial)
: F t
AB_ - e” )
I d +-Ad) —— .
’ 57.3 T d
Yo ( v
AB F t
I = (57 3 dT + Ad) v E > (3-24)
2 z
F 't
2 e
I = 5= d, A8 ——
b.‘ Impule;e due to Recovery from Initial Rates
Ix = 1 JX 90/(57.3 dx}
I = ®J._48,/(57.34d J -
y, = My 8/ ( 5 (3-25)
IZ3= NI, 65/(67.3d)
c. Impulse Due to Overcoming External Torgues
I, = My T/dx A
4 x
I = M T/d , .
D . 3-26
V4 - y r ( )
Iz = MD T/dz .
4 -1 P
d. Total Impulse
. 2 A
I = ;x
i=1 i
4
1 = I > (3-27)
Yy i= Yi
4
I, =21
SR T e .
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I~ =1 +1 41 +F ¢ (3-28)
x b Z e .

3.3.2.3 Thruster Cycles

The maximum cycle or pulse life, Ng, of the attitude con-

trol thrusters is:

1 I I
s _ p-4 v z .
Ny = max ( FAt’ Fbt ’ TFbt ) (3-29)
where F = attitude control thrust level, 1b
At = minimum thruster on-time, sec
3.3.3 - Design Logic
The flow logic or sequence that the design algorithm must
follow is: '
a. Input data
b. Call up configuration-special hardware from the data base

which is not differentiable; -
1. Sun sensor assembly

2. Despin electronics assembly
3. Valve timing assembly

4. Nutation damper

c Select control timing assembly

d. Select despin mechanical assembly

e Select nonscanning earth sensor

f. Compute the spin axis (platform) errors relative to nadir
g. Select gimbal electronics assembly

h. Select gimbal drive assembly

i. Compute the errors for gimbals relative to nadir

e Compare the appropriate pointing errors with the maximum

allowable pointing error. If acceptable, use the selected
components. If unacceptable, select more accurate com-
ponents and repeat the sequence.

k. Compute the total impulse requirement

1. Cbmputé the number of thruster cycles required.
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3.4
3.4.1
functions:
a.
b..
C.
- d.

YAW SPIN CONFIGURATION

Functional Description

The yaw spin configuration components perform the following

Attitude Sensors. A single horizen scanner which scans in

in the vehicle x~z plane is mounted at an angle of 0.15 rad

(8.7 deg) to the spin axis (scan distarnice =+ 0,223 rad {12.8 deg)
of the scanner null axis). This scanner scans with a period of
213 msec as compared with a vehicle spin period of 10 sec.

This provides error signals in pitch and roill,

Digital Processor of Error Signals. The control electrical .
assembly processes the measured pitch and roll errors with a ~
network consisting of a pulse-width modulator and a derived
rate feedback (utilizing a digital high pass filter). The valve
driver assembly determinhes when the thrusters will fire to
correct for errors. :

Controller. Consists of a pair of axial thrusters which are
fired at appropriate times to correct for errors in either
pitch or roll,

Reaction Wheel Assembly. A counterrotating reaction wheel
keeps the spinning spacecraft's net momentum near zero,

A block diagram of the yaw spin configuration is presented in Figure 3-6.

3.4.2 Desipgn Equations
3.4.2.1 Rate Error (Maximum Thrust Requirementj (Ref, 3-2) '
_ Torque Impulse -
Rate Error = Transverse Inertia
; ~ 2 (At) FclX (3-30)
x J ]
x
where At =" minimum impulse bit (sec)
dx = momeént arm (ft)
F = thruster output (1b)
Jx = transverse inertia ,(sflizg-ftz,)
GX = rate error about the roll axis (c_:'ieg/sec)
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NORMAL OPERATIONAL MODE :
TO THRUSTERS
FOR TWO AXIS

EARTH SENSOR ~ EARTH SENSOR _»CENTER ELECTRICAL» AC ~ VALVE DRIVER .
ASSEMBLY ELECTRONICS ASSEMBLY CONVERTER ASSEMBLY CONTROL IN PITCH
AND ROLL
o L. > v
DIGITAL PROCESSOR OF ERROR SIGNALS
(attitude control electronics)

ATTITUDE SENSING

REACTION WHEEL > REACTION WHEEL
EL.ECTRONICS

ASSEMBL.Y
‘ : NOT USED IN THE
. SUN_SENSOR RATE GYRO
ASSEMBLY ASSEMBLY NORMAL OPERATIONAL

Figure 3-6, Yaw.Spin Configuration Block Diagram



The factor of two in the torque impulse equation_a.c'counts for a
maximum of four minimu;n impulse firings sequentially Before the control
logic stops the jets. Itis conservative in that usually only two or three
firings will occur at one time, If only one occurred, then the factor would
be equal to one-half. ]

Given a required system rate error, BRX, the maximum thrust
level (for a particular minimum impulse bit) is obtained by rewriting
Equation (3-30) as

-

Jx eR
%

FJ:nal.x = 2(A%) dx : (3-31)

3.4.2.2 Pointing Error (Selection of Earth Sensgor) (Ref, 3-2)

The pointing error of the spin axis in pitch and roll is usually
specified, which creates a squa-re error pé.tte‘rn as shown in Figure 3-7,
The maximum spin axis pointing error lies at the corner of this square
and is larger than either pointing error by itself, The equai:ions following

deal with the maximum 3¢ peointing error, |

MAXIMUM SPIN AXIS
3¢ ROLL ERROR " POINTING ERROR

- DIRECTION OF
FLIGHT

30
PITCH ERROR

Figure 3-7. Yaw Spin Pointing Error Pattern:
The spin axis pointing error is made up of two types. of errors:

the slow-varying or fixed sensor errors and the dynamic errors which

have observable effects. These are detailed on the following pages,
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Slow-varying or fixed sensor errors

1
2
3. Thermal distortio
4
5

. Null offset*
. Alignmeﬁt error#,

Radiance {rregularity (cold clouds, etc.) = ez”

. Quantization = e 3

The errors with the * after them cancel out beéausé of the

method of averaging out the horizon sensor errors using
four measurements with two taken on each side of the earth,
The resulting equation for the slow-varying or fixed sensor

“errors (El‘) is the RSS of the noncanceling 30 errors as shown
" below. )

E, - [(e2)2 +(eg)? ] 1/2 (3-32)

Dynamic Observable Errors

1. Deadband error-

2. Controller error

3. Disturbance torque error
4, Farth sensor noise error .

The total spin axis pointing error -due to dynamic observable
errors is the sum of the above errors and is added to the RSS -of
the sensor errors to obtain the total spin axis pointing error.
Each of the observable errors is discussed below. :

1. Deadband Error, The error due to the control system
deadband (E,») Ts simply the. value of the deadband.

E2 = db (3-33)
where )
db = deadband (deg)
2. Controller Error. The controller error is a ma:jor com-

ponent of the total spin axis error and varies with distrubance

torque, measurement gain -and control impulse. However,
the peak controller error and percentage of time spent
outside of the deadband are relatively insensitive to varia-
tions in these quantities (although the average value does
vary). Since the 3¢ value is equivalent to the peak error,
the equation for 3¢ spin axis error due to controller error
(E3) becomes . . ‘ )

E, = Cg = 1.789 mrad (0. 1025 deg) (30). (3-34)

3
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3. Disturbance Torque Error. The disturbance torques
acting on the vehicle are due to solar winds, momentum
bias, and control plane rotation. The error due to control
Plane rotation can be kept at zero., For zero control plane
rotation, the error (E4) is given as

23 0.18x 105 x M +0.12 - db, if> 0
E _ )Jd_F D
Yy = x max
0 if the above quantity < 0 Lo {(3-35)
where ) ’
MD = maximum disturbance torque

max
= the larger of MD or MD
x Yy
4, Total Pointing Error. The total pointing error (6,) is the
sum of all of the errors previously discussed as shown below.

8, = E1 + E, + By + E, (3-36)
Substituting in the equations for E ] Yields
2 2,1/2 :

GX= (ez +e3) / +db+c6+E (3-37)

where

0.54 % 1‘031\/1D
masgc

) TF + 0,12 - db
4 x (3-38)
0 if the above is <0

3.4.2.3 Momentum Wheel Sizing

The momentum wheel is sized so that its momentum will be ablé
to match that of the spinning vehicle and thus cancel it out. The momentum
of the vehicle about the yaw axis is given by

H = Jz ws : (3-39)
where

w, = vehicle spin speed (rad/sec)

Because of weight and size considerations, the smallest wheel momentum

(and thus spin rate) is preferable.
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A payload dependent input is requ1red which is the rmmmum
payload scan period, TP (min), in seconds. A’shorter scan period (on
the order- of 1 second) is required for event-oriented payloads, while
area scans can be made with a'longer scan period (on the'order of 6 seconds)
The shorter the scan period, the faster the spin speed will be:and thus the
larger the momentum wheel must be to compensate. A Wheel momentum
of 678 m-n-sec (500 ft-1b- sec) will generally corre5pond to a scan period
of 1 second while a Wheel momeritum of 41 m-n-sec {30 ft=1b- sec) will
.correspond to a scan period of 6 seconds. Then UJS is computed as

_ 21
Wy = T (min) (3-40)

A check should be made on H so that the limit of 678 m-n-sec (500 ft-lb-sec)
is not exceeded. Ifitis, then the payload scan requirement, is too high

for the vehicle inertia given.

3.4.2.4 Minimum Thrust Requirement

The minimum thrust requirement is obtained by computing the
thrust necessary to compensate for i
a. the translational thruster offset and: mlsallgmnent during a
pPowered flight phase, and
b. the external disturbance torques acting on the vehicle,:

These equations follow:

Ag A F, 3
Fy = ‘<57 3dT+Ad)d
B )2 .
P
_ Ao
F, = (57 3 dp * Ad) T
. ‘ Fe
F3 = 5 4 (3-41)
X
Fy = - MD /a
=
F, = MDyldY J

The minimum thrust, Fmirvl’ required is the maximum of Fl through F5 .
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3.4.2.5 Total Impulse Requi rement

The total ixnpuise required is a function of the requirements for
limit cycling, powered flight, recovery from initial rates, -single-axis

rotational maneuvers and overcoming external to rques:

a. Limit Cycle Impulse

6 2 A
le = 37x 107 T 4 (F 80)°/(J_db )
I = 37x10°T4 (F 8)2/(3_ab ) b (3-42)
bAl v Yy ¥y
Izl = 0 P
b. Powered Flight Impulse (Translational)
Pt
AB e A
I = d + Ad) .
57,3 T d
Y2 ( y
. F t ‘
_ Ae e _
e, = (57 3 dp F Ad) 3 o (3-43)
z . 0
2 Fe t
L = 57,3 0d 48 d J
2 X

¢. Impulse Due to Recovery From Initial Rates

. _ - -
Ix3 = N3, 8,/(57.3d)
I = I 8 /(57.3 4 ( ¢ 3-44)
v, n I 80/ . (3-44)
123 = 13, 8,/(57.3 ) )
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d.

e. Impulse Due to Overcoming External T‘o'rgjles

£,

Single Axis

Rotation Impulse

27 8 {max) N
X X X

57.3d
x -

Y

27 é,y_(max) N
57.3 4
y

2 J'z GZ {max) Nz

57.3 @
z

w

Total Impulse

i=1
5
2
i=1 h
5
z I
. a,
i=1 1

M. T/a -
b4

I +I +I +F ¢
3 Y‘.Z [+

“3:35

v

(3-45)

(3-46)

(3-47)



3.4.2.6

quired is:

3.4.3

Thruster Cycles

The maximum number of attitude control thruster cycles re-

I I I
— X v Z
Ne = ma'x(FAt * FAL? FAt) (3-48)

Design Logic

The sequence followed in implementing the design algorithm is

as follows:

C -z

a.
b.

C.

d.

€.

f.

Input data.

- Compute minimum thrust requirement to overcome external

torques.

Compute the maximum thrust requirement such that the rate
error equation will be satisfied.

Use a thrust level which is between the computed max and min.

Select the deadband based on the maximum allowable pointing
error. :

Call up configuration-special hardware from the data base which
are not differentiable:

1. Valve driver ass embly
2. Sun sensor assembly
3. Rate gyro assembly

4, Power converter

Select an earth sensor with e. less than one half of the deadband
with associated e., and ege Select a center electrical assembly
with an error of Cqe ’

Compute the pointing error using Equation (3-38).

Compare the pointing error with the maximum allowable pointing
e rror. If acceptable, add this earth sensor and controller to
acceptable list, ’

Size and select a reaction wheel for data base.
Compute the total impulse required for the mission.

Compute the number of thruster cycles required.



3.5 THREE-AXIS MASS EXPULSION CON}.F‘ IGURATION

3.5,1 Functional Degcription

The three-axis mass expulsion configuration components per-

form the following functions:

a. Attitude Sensors. Two horizon scannersg mounted in a """
configuration detect when the vehicle's yaw axis is pointed
at the earth's center. This provides attitude errors in pitch
and roll, which provide the reference for the gyros and bound
the effect of gyro drift ‘

b. Gyros. Three rate-inte grating gyros measure inertial rates
about all three axes and inte grate these rates to provide
attitude information.

¢. Aftitude Reference Electronics. The electronics process the
outputs from the horizon scanners and gyros to produce an
estimate of the vehicle's roll, pitch, and yvaw attitude.

d. Valve Drive Electronics. The electronics utilize the output
of the attitude reference electronics to command the reaction
control thrusters to correct for errors,

A block diagram of the three-axis mass expulsion configuration
is presented in Figure 3-8.

HORIZON
SCANNERS

o [ 1 N T4
GYROS . gfgcmomcs ELECTRONICS

Figure 3-8. Three-Axis Mass Expulsion
Configuration Block Diagram
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3.5.2 Design Equations

3.5.2.1 DPointing Equations

The pointing equations for a typical three-axis mass expulsion
S&C subsystem have been developed in Reference 3-3. The control law
used signals from three rate integrating gyros (one per vehicle axis) and
signals from two horizon scanners to estimate the vehicle roll, pitch and
yaw attitude relative to the local vertical /orbit plane (L'V/OP) coordinate

axes.
A block diagram of the attitude reference unit (taken from

Ref 3-3) is shown in Figure 3-9. The on-orbit acc'uracy equations are
rewritten as follows:
2 .

' 2 .2

B, = db + {PBN +leq HefH)® + (e Hy/Hp % +a (3-49)
2 2,2
+ (ep/HFe) + b }
1
E_ = db_+ {PwN ey G2t (e G)% + a.x2 + Adbxz}/2 (3-50)
‘ 2 -2
E, = db+ {(gz wy G3)* + (g G)% + (g)? + (E'E)
1
ta 4 (e Gp)° 4 (Adbz)z}/2 (3-51)
where

G, = Hy/(Hp, + ) S - (3-52)
G, = [H‘i, Hp, = H(Hp, + wo)]/ [qu(HFY + “"o)J (3-53)
Gy = Hy/ [og(Hg, +ag)] (3-54)
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PITCH AXIS

HORIZON]| - |
SCANNER [emt>

(pitch
cﬁannel) HS

HORIZON
SCANNER
(roll
channel)

Figure 3-9, Attitude Reference Unit Block Diagram
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The sensitivity terms are:

He = pi‘tch horizon scanner gain
Hc:) = roll horizon scanner gain to roll axis
I—l,*,r = roll horizon scanner gain to yaw axis
I-I]:l_.e = pitch feedback gain
HFcp = roll feedback gain

‘ (HFY + wo) = roll-to-yaw cou;,_aling gain
Wy = twrue orbital pitchover rate

The error terms are:

a.

Fitch Axis
PBN = filtered pitch horizon scanner noise power
[defined in Eq. (3-45)]
€ = pitch horizon scanner null error
e = Horizon scanner anomalies (deg, 30)
_ 2 2, 1/2 2 2, 1/2
—-(e2 +e6) +(e4 teg)
e, = error due to radiance irregularity (3c) .
ey = sun interference error (30)
eg = moon interference error (30)
&g = threshold aging error (3¢)
ep = programmed pitchover rate error
= (U.}Op - wo) .
a = misalignment error in mounting inertial measurement
¥ units relative to vehicle pitch axis {deg, 39)
b = pitch deadband setting ‘

Ade = pitch deadband tolerance



b. Roll Axis

P filtered roll horizon scanner noisé power

il

N [defined in Eq.(3-49)] -
e = horizon scanner null error
= horizon scanner anomalies
a. = misalignment error in mounting inertial measurement
units relative to vehicle roll axis (deg, -3qd)
dbx = roll deadband setting
Adbx = roll deadband tole&‘ance
¢. Yaw Axis
g, = pitch misalignment of yaw gyro relative to sensor package
81 = G-insensitive drift of yaw gyro
g5 = pitch misalignment of roll gyro relative to sensor package
gy = G-insensitive drift of roll gyro
e, = = roll horizon scanner null error
a = misalignment error in mounting inertial measurement
z units relative to vehicle yaw axis (deg, -30)
dbz = yaw deadband setiing
Adbz“ = yaw deadband tolerance

The expressions for the filtered pitch and roll horizon scanner

¢ power are given in Reference 3-3 as:

2
Se {w) He

P = ’ e AW (3-55)
N 2 :
. o w  + HFGZ

2.2, 2.2

. ) fm . Stpz(u)) [wz HCP + wg HY]Z .
(o]

W+ w (HFcp -2H¢/G3}+H(p /G3

dw (3-56)



8
power spectra, respectively.

where S_ and S_ are the pitch and .roll horizon scanner output noise

The assumption made for 'Se and S is that the horizon scanner
output noise is white noise and is band limited at a frequency wyy 28

shown in Figure 3-10,

Figure 3-10. Band-Limited White Noise

The area is equal to:
2 -
HS

e 3-57
Kle ( )

where Weg is the band limited frequency and OHS is the 1o value of horizon

Area = o

scanner noise. Therefore,

2
Scp(‘”)=se () = OHs /waorOSwH

Cforw>w (3-58)

H

Substituting Equation (3-58) into Equations (3-56) and (3-57) and using a

30 noise error to get a 30 value for noise power yields

elz “H 1—192
P .{30) = —— d
ON “g o (<,JZ+I-IEB2 ) @
2.2
= el He tan-l( wH ) . (3-59)
S by Hpg Heg
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where

el = horizon scanner noisé (30 )
Also:
® o ;
- @ 0 ¥
P BT w+2(H 2w---zH/G)Jr(HZJFC}z)ﬂw
[ w Fo - ' 3 e T3
(3-60)

Sinlce the above equation cannot be sol'ved analyi:icaily, itis desirable to
find another 'soluti_on to avoid integrating in the co;nputer simulation.

l In Reference 3-4, Equation (3-60) is solved numerically for
typicall' values of the attitude reference paraméters. Since: these

values do not vary a great deal between various attitude reference systems,
the value of the numerical” 1n1:egra.t1on is used and scaled appropriately

by ey .and ®, . From Reference 3-4

2
!

- W

H

C = 0.0013 (3-61)

oF 10,0013,
C = T (3-62)
1
= 0,026
for this attitude reference system.,
Thus 2

°1 % 63
?N— o (0.026) (3-63)
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3.5.2.2 Total Impulse Requirement

The total impulse required is a function of the requirements for
limit cycling, powered flight, recovery from initial rates, single axis

rotational maneuvers, and overcoming external torques:

a. Limit Cycle Impulse
) h
6 2 .
le = 37x10 T dx(F At) /(:rx dbx)
1 = 37x10° T a (F an(z_ ab) | (3-64)
Yy Y v oy
_ 6 2
I = 37x 100 T d (F At)"/(T_ db )
Zl A i Z Z
r
b. Powered Flight Impulse (Translational),
I .= [ AD d F t Y
Y2 573 °T + a4 =
¥y
1 =28 ., aq ) Fot \ (3-65)
2 57.3 T -
z
F t
I = 2 Ad A e
*2  57.3 a4 J
X
c. Impulse due to Recovery from Initial Rates
- ™
Ix3 =n J_ 90/(57.3 dx)
IYS ="M .]'Y BO/(57-3 dy) 2 (3-66)
I, =7 J, 90/(5‘?.3 dz)
3 o
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3.5.2.3

Single, Axis Rotation Impulse

I = 2 Jx ax{ ) Nx. . “
X4 57.3 d
X
27 6 (max) N
Iy_ = Y ay( *) y 3
4 57.3°d :
b
Iz - 2 Jz’__ez(max) Nz . .
4 573 @ "

Impulse Due to Overcoming External

Torques
- b
Ix = MD Tx/dx ’
5 X !
I = /d :
Vs LiDY TY y (
Iz = MD Tz/dz
5 Z -
Total Impulse
5 A
I = I .
x i=1 %3
I ZS: I
= >
LA =5 R
L =2 I
i=1 i y
I =

I+ I +1 +F ¢t
b4 vy -z e

Thruster Cycles .

The maximum number of thruster cycles is:

1 I I
N, = max (g5, =X, =2

FAt® FAat ’ FAt)
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3.5.3

follows:
a.
b,

c.

3.6

3,6.1

Design Logic

The sequence followed in implementing the design algorithm is as °

Input data.

Compute minimum forces necessary to overcome main engine
misalignments and external torques.

Compute maximum allowable force such that rate error equation
will be satisfied.

Use a thrust level which is'between the computed maximum and
m1n1mum.

Select the deadband based on.the maximum a’llowable pointing. error.

Call up configuration special hardware from the data base which
are not differentiable:

1, A‘ttltude reference electronics
2. Valve driver eélectronics

Select rate- -integrating gyros with rate sensing threshold g, less
than 0.2 of the maximum allowable rate error and with
associated 8oe

Select scanmng horizon sensor from data base with assocmted .
1; 32’ 54: ess 36, 74 and UJH
Compute the pointing errors,

Compare the pointing errors with the maximumn allowable pointing-
error. - If acceptable, use the selected components, If not accept~
able, select more accurate components and repeat the sequence.

Compute the total impulse required for the mission,
Compute the number of thruster éycles reqqire’cji.

- MASS EXPULSION CONFIGURATION WITH CONTROL

MOMENT GYROS

Functional Description

The mass" expulsion configuration with control moment gyros,

subsequently referred to as the control moment gyro configuration,-

consists of compdnents performing the following functions:
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Attitude Reference Unit. The attitide reference unit provides
accurate rate and attitude'information ‘for control.by the momen-
tum exchange assembly. The attitide reference unit should be

of high accuracy when used with 2 momenturi exchange as sembly,”
thereby requiring star sensors and an accurate raté gyro as sembly.

1. The star sensor assembly provides accurate attitude in-
formation which'is processed by the onbdard computer.
Three types of star sensors-are considered: ‘star mappers,

" body-fixed (electronic) star trackers, and gimbaled star
trackers. )

2. The gyro reference as semblir' (GRA) providés"rate informa-
: tion which is used in connection with the attitude information

in the data processing assembly.

3. The electronic processor assembly provides the function
of processing the signals from the star sensor assembly
and the GRA electronically for use in the onboard computer.

‘Data Proces;sing Assembly. ' The dai‘:a.processing' assembly con-

sists -of the onboard computer and performs the following fubctions:

1. Derivation of the attitude reference using the signals from
the attitude reference unit.

2. Processing of the commands for attitude, rate, and ag-
celeration (if needed) to generate commands to the momentum
exchange assembly for vehicle pointing.

3. Processing of control laws goverring how the individual
momentum exchange devices are controlled and when to
fire the jets to dump momentum (or for attitude control
in place of the momentum exchange assembly).

Momentum Exchange Assembly. Two basic types of three-
axis momentum exchange assemblies are considered:

1. Control moment gyros (CMGs)
2. Three-axis reaction wheels

The CMGs may be either single-gimbaled or double-
gimbaled. The momentum exchange configuration selected
for this study is the one utilized by LST and HEAQ which is
a skewed arrangement of from four to six single-gimbaled
CMGs. These are constant-speed CMGs with a total
angular momentum vector varied by varying the gimbal
angles of the individual CMGs. ’
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d. Valve Driver Electronics. The electronics utilizes the .output
of the data processing assembly to command the reaction con-
trol thrusters to dump the stored momentum in the momentumn
exchange devices or to control the vehicle in place of the mo-
mentum exchange assembly.

e. Coarse Attitude Sensing. For acquisition purposes, a coarse
attitude sensing assembly is required. This may consist of
either a horizon sensor for earth-pointing vehicles or a sun
sensor for inertially-pointing vehicles.

A block diagram of the control moment gyro configuration is

presented in Figure 3-11,

3.6.2 Design Equations

The control moment gyro configuration will consist of the mo-
mentum exchange assembly coupled with an accurate attitude reference
assembly. The attitude reference assembly will contain star sensors for
accurate attitude information along with a gyro reference assembly (GRA)
for rate information. The outputs from the star sensor and GRA will be
processed by an error processor and evaluated by an onboard computer.

The momentum exchange assembly can consist of three-axis

reaction wheels or control moment gyros. Equations for the three-axis

wheel configuration will not be covered in this model, although the decision

process concerning three-axis wheels is covered. Two types of CMGs

are considered in the decision process; double-gimbaled CMGs (whose

equations are not covered in this model) and single-gimbaled CMG systems.

The total error of the control moment gyro configuration is
the sum of the attitude reference error plus the control {CMG) error. " The

equations for the errors will be covered later.
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Figure 3~11. Mass Expulsion Configuration Block Diagram with

Control Moment Gyros



3.6.2.1

Momentum Exchangé Assembly

CMGs Versus Three-Axis Reaction Wheels. The factors in-

fluencing the decision between CMGs .and three-axis wheels
are the momentum storage and torque requirements. The
momentum storage requirement consists of maneuver and
disturbance mornentum requirements with the equation given

-as follows:

h1-eq - hma.n + hdist .
= (J Gmax/57. 3) + 86400 t‘eMD(max) (3-72)
where

ty = time between unloading (days)

J = jnertia about the maneuver axis (slug-ftz)

6 = maximum maneuver rate about the maneuver

max A
axis {deg/sec)

MD(ma.x) = maximum disturbance torque

For sizing purposes,

I, éx (max) T év(max) I, 8 Z(maxi'
Bnan = Tex 57.3  * T B7.3 * “57.3 J(3-73)

The torque requirement consists of the sum of the accelera-
tion torque and the disturbance torque requirements.

=t + T

req accel dist
= (Jémax /(57.3 ¢t __ 1) + M (max) (3-74)
where
taccel acceleration time (sec)

This can be written as

T = h /t
man

req + Mp(max) (3-75)

accel

- .
If Treq /hreq 0. 02, then CMGs should be considered.

> > et ' .
If 0 Treq /hreq 0.1, then three-axis wheels should be considered.



Single Versus Double-Gimbaled CMGs. The decision to
select single or douple-gimbaled CMGs is based on the gimbal

rate requirement, ¢ . -
: max

If &ma <0,1 rad/gec, then both types should be coysidered.

If ¢ ax> 0.1 rad/sec, then only single-gimbaled CMGS

.should be considered.

Alternately, the gimbal rate can be related to the acceleration
time requirement by assuining typical worst-case gimbal
motion during acceleration or deceleration of approximately

2 rads. This yields:

>
If taccel _ 20 sec, -consider both types. _

If t < 20 sec, consider only single-gimbaled CMGs.

accel

Select and Size Single- Gimbaled CMGs. S:Lngle -gimbaled
CMGs are selected and sized based on the momentum storage
requirement, peak gimbal rates, and peak torquer torques.

The momentum storage requirement is the sum of the maneuver
momentum and disturbance momentum requiréments. The
momentum required per axis is shown below.

hreqx = [J‘XG « finax) /. 57.3] \+- I\-/Ib(nl.ax)’ ty N
hreqy = [;ryé g (max) /57.3] + MD(Iﬁax):t;e ' r (3-76;
hreqz = [3,6_(max) /57.3] + Mp(max)t . J

"For this study we will assume a skewed configuration of from

4 to 6 CMGs. The smaller number is preferred unless more
are needed to meet the required momentum with off-the- shelf
CMGs. Itis further assumed hére that the hangup problem is
not solved so thatthe maximum momentum capability of the set
of CMGs is approximately:

hcap = (n-2)hcos Y (3-77)
where
n = number of CMGs in the: skewed configuration
(45n%6)
h = momentum of each CMG
Y = skew angle (default-value of 25 deg) -
a N h ) = -
= sin~! (%) | (3-78)
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Letting

‘hcap = max (hreqx’ hréqy’ hreqz) (3-79)
h . = min (hr , b ) {3-80)
_ ‘m:.n ' eqx reqY req,
then
(n 2}
_ -1 m1n
N = tan " o (3'81)
cap
h - = /(n sin Y) (3-82)

The peak g1mba.1 rate is determined by the acceleration time
and the fact that a single CMG in a skewed set will typically
move two radians at most while the vehicle acceleérates from
rest to Bm 2 (for typical LST CMGs). The peak gimbal rate
is approximately equa.l to the average rate since .the gimbal
acceleration is high. Thus:

Zh

o = Bt
= Taccel

max

where h is the actual momentum of the 1nd1v1dua1 CMGs
selected from the hardware data base.

The peak torquer torque (which must be dehvered at peak
gimbal rate) is:

(3-83)

- =hd /57.3 (3-84)

Cmax ~ max

where

max © TaX [éx(max), 8 , (max), éz-(m_ax)] (3-85)

The CMGs are selected from the hardware data base by
using h, O max’ and T max such that each value of ‘the

selected CMG is above the values of h, o , ahd T .
max max

The actual values for the CMG selected from the data base
will be denoted by h and 0‘ max for-use in the following
sizing equahons.

The CMG conflgura.tmn is sized for we1ght sta.ndby power,
and volume utilizing empirical relationships. These rela- .
tionships have been-approximated by straight line equations’
to be programmed for this model. The equations are pre-
sented below. The weight and volume numbers include-the

- CMG and its associated gimbal drive electronics. The power
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d.

numbers are standby power only. A Peak power during accel-
eration ef a maneuvering vehicle can be twenty times as large
as the standby power. Some knowledge of the duty cycle is
required to compute average power for any particular apph-

cation.
» .

Ky . =0 o max/57 3 (3-86)
= n [-32 + (0.068 + 0. 29K,) (h + 960) ] {3-87)
P = n {0.0103 + 0.0235 K,) (b + 1430)° (3-88)
= n [7.45 + (0.00265 - 0.0062 Kz) (h - 1720)] (3-89)
where
W = weight of CMG configuration (1b)
P = standby power of CMG configuration (watt)

V = volume of CMG configuration (ft3)

CMG Rate and Pointing Errors. Assuming that a CMG control
system, sized for a slew rate of ) , is in an inertial hold

mode. The state of the art in CMG control is such that 20
low-frequency (within the control bandwidth) errors are ap-
proximately

. —
eCMG = 0.7 eJ.'na.:-; (sec, 20) (3-90)
3 oma = 0.2 émax (se:c/sec, 20) (3-91)

These numbers are based on GE Phase 1 CMG development
test results (Ref. 3-5) on a single-axis, air-bearing table.
Estimated HEAO errors are somewhat larger than this (1 Sed
for a system which could slew at approximately 0.6 deg/sec).
CMGs also induce vibration errors at spin speed and bearing
regainer speed (approximately 40 percent of the spin speed),
but their effect depends on the specific structural design and
is beyond the scope of this effort.

For this model, the errors must be in terms of 30 numbers
and the units in degrees and seconds. The above equations

‘are shown below in these terms.

® cpg = 0- 0000833 émax (3-92)

® cm-T 0-0002916 6 (3-93)
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3.6.2-2

Selection of Star Sensors

-~

Several types of star sensors are available in an accurate

attitude reference system. The three types considered in this study in-

clude star mappers, body-fixed (electronic} trackers, and gimbaled

trackers.

a.

Decigions Between Candidate Star Sensors. Several tests

are listed in the following material to rule out star sensor

1.

_types which will not meet specific requirements.

Test to determine whether star information must be
obtained in inertial hold,

Assume that the gyro bias drift can be calibrated to
% 0.0l deg/hr. Allow one-half of the required pointing
error for the bias drift during inertial hold. Thus

e N
R _ .
2 - eD tm::;.x (3-94)
or
N
. - R
max 8
2 D
e ) - -
) g (60) y - {3-95)
2 (0.01)
= 3000 QR (minutes)
>
where
B = i
R m:Ln(eR ’eR ’QR ) (3-96)
by y z

If the time the vehicle must be in inertial hold, thol a’
exceeds t » then it i's necessary to use a star

max
tracker to oabtain. star information during inertial hold.
Therefore, star mappers are rejected.

Test to determine whether attitude miotion is sufficient
to generate an adequate number of star crossings with
a star mapper. . ’

To make judgment on this question requires tradeoffs
between mapper field of view (FOV), accuracy, sensi-
tivity, number of mappers, mounting geometry, and
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attitude motion profiles. As a rough test for whether

a star mapper is a practical approach, determine
whether the average body rate exceeds one-fourth of

the orbital rate, W _, for.a low orbit during the period
when high accuracyois necessary. This corresponds to
a rate of 1 deg/min. If the average body rate is greater
than this, then star mappers should be considered.

3. Test to determine whether high body rates preclude star
trackers. :

A thorough 'resolution of this'question requires exten-

sive tradeoffs between sensitivity (required star magni-
tade), FOV, accuracy, tracking loop bandwidth and degree
of sophistication, command sophistication (i.e., accelera-
tion feed forward, vehicle dynamic model in computer,
etc. ) and detailed tracker mechanization. However, for
preliminary component selection purposes, it is reasonable’
to exclude trackers from consideration for body rates
exceeding some value based on existing trackers (assum-
ing that star information must be obtained at the high body
rates). Define two different thresholds, one for body-
fixed (electronic) trackers and one for gimbaled trackers.
Input the maximum vehicle rate at which star information
must be obtained and compare this to the two thresholds

to see if trackers should be rejected. It may be possible
for trackers to operate at higher rates with reduced ac~
curacy. If so, this must be factored into the tracker
selection algorithm.

4. Given that both types of trackers are candidates, test to
determine whether large view angles necessitate gimbals.

A requirement for large view angles is generated when it
is desired to track specific guide stars over wide ranges
of vehicle motion. The maximum reasonable total FOV
for electronic trackers is approximately 30 deg. Input
whether the mission requirements dictate tracking specific
guide stars and what the range of attitude freedom is to be
(denoted by 8 FOV)' Test this against 30 deg to see if

. body-fixed trackers should be rejected.

Star Tracker. Given the surviving candidate types of star sensors
from the preliminary selection, select specific sensors from the
data base with accuracy as a criterion. Reject all-sensors whose
accuracy is not better than the required attitude accuracy. The
reason‘'for allowing a star sensor error to be equal to the entire
system pointing error is that the effective star sensor error can
be reduced below this value by averaging the random errors and
calibration of systematic errors, thus allowing room for other
system errors.




3.6.2.3

Momentum Exchange Subsystem Error Eguations

-

‘Rationale. The CMG attitude control system analyses and

tests reported in Reference 3-5, along with related results,
indicate that the errors in the control moment gyro configur:
tioh can be characterlzed as follows:

1‘

Pointing errors are dominated by the attitude reference
error, which consists primarily of the star sensor error
plus any gyro drift that occurs between star sightings.
These are low-frequency errors, and the control system
follows them almost perfectly. In addition, there

are higher frequency ''jitter" pointing errors which are
caused primarily by CMG hardware characteristics such

-as torquer stiction, ripple, and backlash. CMG vibration

can cause significant rate error, but generally causes
negligible position error because of the high frequency

of the vibration source (CMG spin speed, typically 100 Hz). .
The state of the art in CMGs, gyros, and star sensors ’
is such that the pointing errors caused by gyro and star
sensor noise are generally insignificant compared to

those caused by the CMGs. Pointing errors produced

by disturbance torques are generally insignificant but,

if necessary, can be reduced to negligible values by com-
puting the torques and feeding them forward as commands
to the control system. Itis assumeéd.for present purposes

that this is done.

‘Rate-errors are dominated by the systsm response to CMG
jitter. The rates associated with attitude reference errors

such as the uncompensated components of gyro drift are

negligible. Response to gyro and star sensor noise is small
compared to the jitter produced by the. CMGs. High fre-
quency vibration produced by the CMG wheel and spin
bearings is an important and sometimes dominant source

of rate error. It requires very careful attention te CMG
balancing, structural design and tuning, and possibly vibra-
tion isolation mounting of the CMGs. However, its mag-
nitude is so sensitive to the detailed system design that-

‘there is no reasonable way to quantify this error for present

purposes.

Po1nt1ng errors in this dlscusmon are measured ‘relative to the attitude
reference system; misalignments of the payload relative to the attitude
reference system are assumed to be considered separately



b.

Error Equations

1.

System with Star Trackers. The total pointing error

' (ee } is the RSS of the star tracker accuracy (SZ) and the

CMG-produced jitter (8- 5)- Although some of the star
tracker errors will be noise and will be averaged by the
system, this will be approximately compensated by the
sum of the other smaller errors which have been ignored
here, resulting in total system performance of the order
indicated above. Thiis

2 s1/2 -

3] . -
cma) (3-97)

The total rate error is the RSS of'the CMG-produced

jitter and the CMG-produced vibration, the latter of

which is unknown at this time. Thus, the rate error

equation is: * -

e = B -
¢ CMG (3-98)

L2
9‘6 = (32 +

System with Star Mappers. The system rate is the
same as above. The position error is the same as )
above with the RSS addition of errors due to gyro drift,
The gyro drift error is computed as follows.

The star mappef FOV, Py and the sensitivitﬁr (star
magnitude, m), s,, are obtained from the star mapper

data base for the candidate mapper. .The equation be-
low for the average star density, Nm’ is a function of Sy

S | <

Nz_‘n = log ~ (-4 + 0.451 54) (3-99)
where 7
Sy . = mapper sensitivity (visual magnitude)

and ranges from 0 to 20

The average time between star crossings is computed by

£ = 57.3 : (3-100)
sc . ;
N_ s
m 3 max
-where ’ . 2
Sy = star mapper field of view (deg )

e
1l

"= maneuver rate (deg/sec)
max ]



The average angular motion between stat crossings is

A8 - t : (3-101)
avg - max

The gyro bias drift error is computed from

5] = é t

[
b b ee (3-102)
0.1 g, tsc .

1}

where g; = G-insensitive gyro drift (deg/sec, 30)

and the gyro bias drift, 6 , has arbitrarily set to ten
percent of the total drift.” The gyro scale factor
error is .

eesf = staeavg (3-103)

where K__is the gyro scale factor multiplier (30 ),
which is obtained from the hardware data base.’

The total system error with -star mappers thus becomes

2\1/2

fan)
I}
[43]

. (3-104)
b sf

3.6.2.4 Size Thrusters

The only factor sizing the thrusters for the control moment
gyfo configuration is that they are able to control the vehicle's attitude
during firing of the main engine with its associated misalignments. The

equations for required thrust levels are

EDy
Y e )
¥, = (57.3 dT+Ad) 3
Y
iy
— AG e
Fa = (m‘“dr“‘d) a, o (3-105)
- 2 Fe
Fg = 73 0408 a J
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F = maxof (Fy, Fp F,) (3-106)

d,d d = gas jetlevel arms for the roll, pitch, and
yaw gas jets (ft) .

Ad = lateral vehicle c.g. distance plus lateral
thrust chamber c.g. distance from the
reference axis (ft). Default value is 4%
of the vehicle diameter. e

AQ = mnain engine alignment relative to the vehicle
thrust axis (deg)
F, = main engine thrust (1b)

3.6.2.5 Size Im*pulée

Three factors influence the impulse required for the control
morient gyro configuration mission. These are the impulse due to controlling
the vehicle during translational pow.eréd flight, the impulse required to dump
the momentum in the CMG's z_a,pcilmulated due to the steady disturbance torgues,
and _ﬂie,'impulse for recovei’y from initial r%.tes. Thé-‘equa.-tioné for impulse

due to these three factors are shown below:

a. Powered Flight Impulse

Ft
AB e
- (s apna ) w
57.3 °T - d
Yo ¥
F t
_ AB e
z
2 A . Fet
- 2 _ Aq A§ ==
x, T 7.3 d. 28 q_. )

where t = main éngine butrn time (séc).



b. Momentum Dumping Impulse

6
I = 2.592x 10, My T/d, T
1 b3
I = 2.592 % 10° My T/d >
Y1 v ¥
I = 2 592x106M T/d
z * 6 D z - J
1 z
where
Mp
X
steady disturbance torque level
MD = about the vehicle roll, pitch,
v and vaw axes (ft-1b)
M
Dz
T = mission lifetime (months)

c. Impulse Due to Recovery From Initial Rates

, . - h
IX3 =7 Jx 60/(57. 3 dx)
I =173 8 /(57.34 s
Y3 K y o ( Y)
L
I =nJ_8_/(57.34,)
3 J
where
N = control system efficiency (3 with 3-axis rate
gyros, 12-15 with no rate sensing)
J ,J,J = wvehicle roll, pitch, and yaw inertias
=y 2 (slug-ftz)
[ 4
60 = maximum initial rate (deg/sec)

(assumed the same on all axes)

3-60

(3-108)

(3-109)



d. Total Impulse

3 '
L =2 I

i=1 1

3
I =X 1 > (3-110)
Y. =1 Y

3
G I
2 & J
I = IX+Iy+Iz+Fet- (3-111)

3.6.2.6 Thruster Cycles

The maximum number of thruster cycles required is:

I I 1
= s y z
Ng ma‘X(FAt * FAt ’ Ff.}.t) (3~-112)

3.6.3 Desgign Logic

The sequence followed in implementing the design algorithm

is as follows:

a. Input data.
b. Decide on CMG s versus 3-axis reaction wheels.

1. Compute ratio of maximum momentum storage to maximum
torque requirement.

2. Compare ratio with prescribed values for decision.
¢.  Select CMG configuration {3-axis wheels not modeled).

1. Double versus single-gimbaled CMGs (double-gimbaled
CMG s not modeled).

d. Select and size single-gimbaled CMGs.
1. Compute momentum storage requirement-for each CMG.

2. Select a CMG from the hardware data base such that the
momentum h, provided by the individual CMG, is Zh, s
Associated with this CMG will-be a peak glmbal rate, T oy

and a peak torquer torque, T L ax’
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i.

Jo

3. Compute the peak gimbal rate and peak torq'uei' torque
which a TMG with a given h must provide.

N ®

4. Compare data base ¥, and Ty, with the computed
values. If the data base variables are greater than the
computed values, add this CMG configuration to the

acceptable list.

5. .Compute the weight, standby power, and volume for the
CMG configuration if the configuration is acceptable.

Compute CMG 3¢ rate and pointing errors.’

1. Compare the CMG rate error with the minimum required
‘rate error. Abort if not small enough.

Sélect star sensors.

1. Test to determine whether star information must be
obtained in inertial hold. If yes, reject star mappers.

2. Test to determine whether attitude motion is sufficient
to generate an adequate number of star crossings with
a star mapper. If no, reject star mappers.

3. 'Test to determine whether high body rates preclude
trackers. If yes, reject either body-fixed or gimballed
star trackers, or both. If both types are acceptable,
test to determine whether large body angles necessitate
gimbals.

Select a gyro reference assembly.

Select a star sensor from the acceptable types whose error
is less than the minimumn required accuracy.

Compute the configuration pointing accuracy which.-is a function
of the accuracy of the star sensor, CMGs,and (for star mappers)
the gyro reference assembly (GRA).

Compare the configuration pointing error with system pointing
accuracy requirement. If less, add this subsystem combination
to the acceptable list., If more, iterate on star sensors and
GRAs until the requirement is met.

Call up configuration-special hardware from the data base which

is not differentiable., Test whether horizon sensors or sun sensors

are called for coarse attitude sensing,

1. Electronic processor assembly

2. Valve driver electronics assembly
3. Horizon sensor assembly

4, Sun sensor assembly
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1. Size thrusters to overcome main engine misalignments during

powered {light,
m. Size total impulse required based on:
1. Dumping stored momentum due to steady disturbance
torque bias
2. Fight:i\ng main engine fnis‘axlignmepts during powered flight
3. Recovery from initial rates. , e

n, Compute the number of thruster cycles required.

3.7 MASS EXPULSION CONFIGURATION WITH PITCH MOMENTUM
WHEEL -
3.7.1 = -Functional Description -

P

The rmass expulsion configuration with pitch momentumn wheel,

subsequently referred to as the pitch momentum bias configuration,

consists of components performing the following functions:

a. Horizon Sensor Assembly, The horizon sensor measures attitude
errors in roll and pitch relative to the local vertical.

b. Momentum Wheel. The momentum wheel is aligned normal to
the orbit plane zlong with negative pitch axis. This serves to
provide restraint in roll and yaw. )

¢c. Electronic Processor, Damping of the system is provided in
the electronic processor by a lead controller which is best
implemented by a pseudo~-rate c¢ircuit, In particular, thé con-
troller in the roll channel serves to damp the nutation frequency
mode of the coupled roll-yaw dynamics.

d. Valve Driver Electronics. The electronics utilize the output of
the electronic processor to command the reaction control thrusters
to correct for errors in pitch and roll.

e. Reaction Control Thrusters. Normally, discussion of the
thrusters themselves is not a concern of the S&C subsystem.
However, the pitch momentum bias configuration utilizes an
offset of the roll thrusters to provide a proportional amount of
torque about yaw. The roll thruster offset into yaw is designed to
damp the orbit frequency mode associated with the vehicle dynamics.
This offset along with the reéstraint provided by the momentum
wheel provides control in yaw without a direct yaw sensor.
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A block diagram of the pitch momentum bias confi_guratioﬁ is presented

in Figure 3-12,

VA
HORIZON E LECTRONIC . DRIGEE
ASSEMBLY PROCESSOR ELECTRONICS

PITCH
MOMENTUM
WHEEL

Figure 3-12. - Mass Expulsion Configuration Block Diagram
With Pitch Momentum Wheel

3.7.2 Design Equations

The pitch momentum bias configuration ié an active, three-axis
control system incorporating a mo:ﬁentum wheel,” an attitude sensor, and
mass expulsion jets. The momentum whé’el is aligned normal to' the orbit
plane along the negative pitch axis. The restraint provided by the wheel
in yaw along with offset roll-yaw thrusters provides control in yaw without
a direct yaw sensor, ‘ )

The pitch momentum bias configuration used in this study has
a constant speed momentum wheel with pitch thrusters for control about
the pitch axis, An alternate method which would be preférable for longer
missions is to incorporate a variable speed reaction wheel to store the
momentum created by disturbance torques and to use the pitch thrusters
to unload the wheel. This alternate configuration is not covered in this

model,
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‘3.7.2.1 ‘Horizon Scanner Selection from Beam Pointing Fquation

The following equations were taken from Reference 3-6. The

equation. for beam pointing error is the RSS of the error due to antenna

misalignment and the attitude reference error, eAR® Solving for the
attitude reference error gives: ’
2 2 2
€ AR ®heam " a (3-113).
where ) ‘
e, ‘= antenna misalignment error (deg, 35)
& eam™= antenna beam pomtmg error {(deg, 3g)

The beam pointing.error (less the misalignment error) can be expressed

as a function of the yaw error and pitch and roll sensor errors.

2 _ 2 2 2
eAR—‘Ps"'(E‘l’) +es

(3-114)
where

¢, and 8, are the roll and pitch horizon. scanner

errors (deg, 3g)

E = antenna elevation angle (rads)

{ =yaw error (deg, 30) B
Assuming that the horizon scanner error is the same for both roll and pltch
and setting the yaw error equal to the max1mum allowable yaw error, one

can solve for the max1mum horizon scanner error as

"2 2 1/2 '
€AR - (EGRZ:)
epg = —3 (3-115)
where ) ’
eps = ¥g = 64 = horizon scanner'error (c\ieg, 3g)
GR = required' pointing accuracy on the yaw axis (deg, 3g)

Z
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The horizon scanner error is the RSS of the individual error contributors.
_ 2 2 2 2\1/2 2 2¥1/2
e—-(el :!-ez +e3 +e6) +(e4 +e5) (3-116)
where
e, = earth sensor noise {deg, 3q)

e, = radiance irregularity {(deg, 3¢g)

e; = quantization error (deg, 3¢)

e , = sun interference (deg, 30) worst case deterministic
4 .

e. — moon interfer e (d 35) errors (added directly
5 = 1 erenc €8s 20} } with random errors)

e = threshold aging (deg, 3¢g)

The horizon sensor error, e, is computed for each scanner in the equipment

data base and compared with the maximum allowable horizon sensor error,
e1rge .
3.7.2.2 Momentum Wheel Selection

Estimates of wheel size depend on preliminary knowledge of the
disturbance torque on the spacecraft. For synchronous orbits, the dis'-
turbance is due to solar pressure and the torque is deple‘ndent on the specific
spacecraft configuration and size. For a wide class of missions, the peak
¢ 1075 kg-m (107 to 107% ft-1b), ana

typically, the cyclic torques dominate. ILarge unfurlable antennas, 6.1 m

solar torque is in the range of 10~

(20 ft) or more in diameter, and a particularly unbalanced configuration
could lead to peak torques above 1073 kg-m (10"4 ft-1b), The wheel size can
be significantly reduced by designing a configuration which minimizes the
solar torque. In the case of systems using gyroscopic stiffness to limit
yaw, a particular premium. is placed on minimizing the yaw torque. The

equation for sizing the wheel is:

h = 57.3 MDZ/(woq;) (3-117)
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where

h = required momentum (ft-1b-=sec)

4
[

peak yaw disturbance torque (ft-1b)

w, o= éverage orbital rate (ré.d/sec)

and ¢ is the maximum yaw error which can be computed as follows:

e2)l/2 (3-118)

: 1 2
t=glepg -2
A momentum yvheel is now selected from the equipment data base which has
a momentum, b, which is nearest to h and greater than h.

3.7.2°3  Thruster Sizing

An upper bound on the minimum torgue impulse bit.is shown in
the equation below (Ref. 3-7):

I in < 2dbh (3-119) ‘
I . = F Atd (3-120)
min X
where
Jx = roll axis .moment-bf ~ingrf_:ia (slug—ft,zj
J ” = yaw axis moment of inertia '(slug;ftz)
db = roll deadband
I . = minimum torque impulse bit (ft-lb-sec)
min
F = thraster output (Ib) .
dx = roll momeént arm (ft)
At = minimum’ irr;pulse time (sec)

The basic assumption in deriving Equa.tion {3-119) wase that the residual

rates within the deadband were zero, The equa,tion also applied for a zero
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roll-yaw thruster offset angle [the actual angle will be approximately . -
0.21 rad (12 deg)]. Substituting Eguation (3-120) into Equation (3-119) and

solving for F yields:

an [T
Fmax~md. V T (3-121)
X zZ

where the factor of 2 was removed to select a conservative value of thruster
size. The thruster moment arms can be calculated roughly by:
dx =D cos o
dz =Dsing (3-122)
dy = dT/Z

where

L3

D = diameter of the vehicle in the roll-yaw plane (ft)
o = roll-yaw thruster offset angle {deg)
The minimum thruster size is the size which is required to control the
vehicle while the mainengine is operating.
Fi= (a0 dg/57.3+ Ad) F_/d

F, = (40 dT-/57.3 tad) F /d (3-123)
Fya=2AdF_/(57.3 d_)
F.‘min = max (Fl’ FZ’ }.7_‘3) {3-124)

where
A8 = main engine misalignment (deg)
dT = distance from c. g. to main engine (ft)

Ad = lateral vehicle c.g. distance plus lateral thrust
chamber c. g, distahce from the reference axis (ft)

F, = main engine thrust (Ib)
The actual thrust level should be between ¥ . and I . To select a level
.. T min max
for computation of the impulse requirements, a value of Fma.x/ 2 is chosen.

If this value is smaller than F__ . , then the value of F . is selected.
min min
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3.7.2.4 Impulse Requirement Sizihg

- The impulse required for a pitch momentum bias configuration
is calculated using the same equations as for the three-a:;is masg expulsion
configuration.except that rotational maneuvers are not included. Itis un-
likely that a“pit-c;h momentum bias vehicle would be maneuvered bec;ause of

the wheel momentam.

a. - Powered Flight Impulse (Translaﬁonazl)
Ft
I _ A9 Y e A
V2 < (5L3 dT'*Ad)d
y
. F t
_ [ A8 e
L, - (57. 5 dp Ad) a b (3-125)
2 - Fet
L sm3dpbt—j3 >
2 X
b. Impulse due to Recovery from Initial Rates
: 3
1X3 = 13 0,/(57.34d )"
I = T 0 _/(57.34 > 3-126
Vs v 0 ( V) { )
1, = 13.8,/(57.34d)
3 . - 4
C. Impulse Due to Overcoming External Torque
| I = M. T/d Y
Xy - D x
X-
I = M T/d > (3-127)
D
Y4 y b
Iz = MD T/d
4 z y
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d. Total Impulse

[H

u[V]q:.uMu:-nM.p

. (3-128)
y i=1 Y
I = I
i=1 % J
1 = I +I +I +F ¢ (3-129)
x 'y Z e

3.7.2.5 Thruster Cycles

The maximum number of attitude control thruster cycles

required is: I 1 1
= x Y z
Ne = max (Fut » FAL  * TAL (3-130)

3.7.3 Design Logic

The sequence followed in implementing the de sign algorithm is

as follows:

a. Input data.
b. Select a deadband,
. Call up configuration special hardware from the data base which
is not differentiable,
1. Electronic error processor
2. Valve driver electronics
d. Select a horizon scanner based on the maximum antenna beam

pointing error, antenna misalignments, antenna elevation angle,
and horizon scanner error.

e, Size the pitch momentum wheel based on the maximum yaw error
which will occur with the selected horizon scanner, the orbital
rate of the vehicle, and the maximum value of the cyclic disturb-
ance torque relative to the vehicle,
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3.8

3.8.1

necessary t

Size the thruster force based on 2 maximum thrust level to
ensure-that the residual rates within the deadband ‘are zero
and a minimum thrust level to ensure that the vehicle will
remain in control while the main engine is firing.

Compute the impulse reéﬁiremenfs for the-above configuration.
. ¢ k3

Compute ‘the number of thruster cycles required.

DISTURBANCE TORQUES

Aerodynamic Disturbance Torgues.

- To utilize simplified aerodynamic torque equations, it is

o0 make many rough approximations concerning the vehicle

shape and size as well as aefodynamic-angle_s of attack and atmospheric

density. Two types of disturbance torques are needed by the S&C sub- -

system model: worst-case and steady-state. The worst-case ‘torc‘;ues

will be computed first based on perigee altitude, The steady-state'torque_s

will then be

gcaled down from worst 'ca.sge utiliéinfg the apogee altitude and

by computing the approximate time that the torqués are effective.

3.8.1.1"

A

Worst-Case Aerodynamic Disturbance Torgues

-Assumptions. Figure 3-13 illustratés the vehicle shapé, di-

mensions, and solar panel locations. Both the cylinder and

-sphere will be assumed to look likera box for computation of

worst-case aerodynamic torques.

A mission equipment,box may be located on either end of the

main equipment bay (along the vehicle x-axis). ' In general,
these will have different dimensions than the equipment bay.
The larger dimensions in the appropriate cases will be used
to compute reference areas and lengths. '

The vehicle coordinate system will be located at the center of
the equipment bay with the center of gravity and center,of pres-
sure given relative to it. .

It will be assumed that the solar panels, when present, will
have their full area perpendicular to the wind, 3

Aerodynamic torques will be considered negligible for altitudes
greater than 926 km (500 nmi). They cannot be computed
accurately for altitudes less than 120 km (65 nrmi),
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General Aerodynamic Torque Equation. The equation for

" aerodyramic torques on a flat plate is given by:

Ta.x ) CA
{'I'a} = Tay = as, 8] o (3-131)
Ta CN
-/

‘where the components of T are in the orbital coordinate

system (z_is toward the cénter of the earth, x is in the
orbit planeé along the direction of travel, and y(;) completes
the right-handéed orthogonal triad),

and where

q = dynamic pressure (lbf/ftz)-

ref = reference area o

= area of flat plate facing the wind.
0 - Az AY
(a1 =a, 0 -a_ (3-132)
-AY A, O

A ¥ - x

X cg ref
Aot TITI vy = Yier (3-133)
8z Zeg T Zref

[T] = transformation matrix from vehicle coordinates
to the orbital coordinate system

Vv ., = ‘= distances along the vehicle x ‘,-y » Z_, axes,

respectively, from the vehicle cobrdinate system
to the center of gravity ’

"= distances along the vehicle x » V., Z_ axes,
respectively, from the vehicle coprditate system
to the center of the flat plate which faces the wind

C_, Cn o= aerodynamic force c‘o_efficients acting on a flat

plate (see Figure 3-14)
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The equation for aerodynamic torques on the vehicle with $olar
panels I's given by:

.{Ta.}. ) {Ta }-+ {‘TaSP}

.
b Ca
= Al + S, Bl e 3-134
ref[ ] E ) fSPi L ]SP1 ' (
.CN

where the subscript v stands for vehicle and SP stands for
solar panels 1 and 2.

If the solar panels are of the same area and distance from the
centerline (which is the case for this model), then Equation
(3-134) can be simplified as follows:

z -

i; Sretyp, -Mspi = Sret,y, Asp (3-135'
where

[8lgp = [Algpy +18gp, (3-136,

Since the solar panels are only located on a nose forward con-
figuration along the y,, axis:

= = X_ 4 = x_ . (3-137)
refSPl refspz ‘refsp
y = -y (3-138)
‘Tefgpy refgp,
Z = =0 (3“139)
refopy refgp,
Then,
A -
*sp T 20 g - XrefSP)
A _ 5.
Ysp = 2V (3-140)
A
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Equation (3-}34) then becomes:

Ca

{_Ta} = q(s__ [a]+ Srefsp‘ Blgp){C, (3-141)
- CN

Dynamic Pressure. The equation for dynamic pressure is

given by:

q = 1/20 V% (b /e? (3-142)
where 3
. P = atmosphere density (lbm/ft }
V = velocity of vehicle relative to the wind (ft/sec)

The critical quantity to compute the magnitude of the dynamic
pressure (and hence the aerodynamic torques) is the atmospheric
density, P , which varies logarithmically with altitude. Since

the velocity magnitude is a less sensitive factor, the average
velocity will be used where:

vV =V
. @avs (3-143)
= a w
o
where
a = semi-major axis of the orbit
= 1/2 {Zre + ha + hp) (3-144)
r, = earth radius = 3442 nmi
hp = perigee altitude
ha = apogee altitude
W, = average orbital velocity (rad/sec)
1/2
= (—“T) (3-145)
a
M = earth's gravitational constant

(3-146)
1.407645 x 1020 3 /gec?

Substituting Equations {3-143) and (3-144) into Equation (3-142)
vields:

— 10 o 2
q = 3.6x10 = (le/ft ) (3-147)

where a is in nautical miles and p isin lbm/ft3.
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The atmospheric density, p, is shown in graph form in
Figure 3-15 as a function of altitude. Since its magnitude
varies so dramatically with altitude, three straight line
segments were used to approximate p with the equations
for each shown below. Note that the equations will not hold
for altitudes below 120 km (65 nmi).  For altitudes over
926 km (500 nmi), the density is s0 small as to make aero-.
dynamic torques negligible. .

h-65

1.5 % 10-9(0. 02) 35 for 65 nmi < h < 100 nmi

h-100

33107233 x 1074 290 £0r 100 nmi £ b < 300 mni (3-148)

h-300

13 x1077%1, 538 x 1073 290 401 300 mmi < b < 500 nmi

Reference Areas.. The reference aréa will be the .area of the

flat plate facing the wind (or direction of travel). As rough
rapproximations, the cylindrical and spherical shaped bodies

will be assumed to be boxes. Refer to Figures 3-13 and 3-16
for a pictorial description of the following equations of reference

areas:
EQBSID , box .
SIDE = ' (3-149)
SATDAM, cylinder and sphere
. EQBLG , box and cylinder
LENGTH = (3-150)
SATDAM, sphere
If mission equipment box 1 is not used, then:
EQMIXI, = EQMIYL = EQMIZL = 0 (3-151)
If mission equipment box 2 is not used, then:
EQM2XL = EQM2YL = EQM2ZL = 0 (3-152)
I, Nose Forward
Sréf = max (EQMI1YL, EQM2YL, SIDE)
* max (EQMI1ZL, EQM2ZL, SIDE) (3-153)
2. Nose Down
Sref = SIDE # LENGTH + EQM1XL * EQM1YL,
+ EQM2XL, * EQM2YL (3-154)
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3. Sidewazs
S.ef = SIDE ¥ LENGTH + EQMIXL, * EQMIZL
+ EQM2XI, * EQM2ZTL . (3-155)

4, Solar Afra.ys

S ot = SAIYL ®*SA1ZL (3-156)
Te SA]. .

Soos = SA2YL % SA2ZL (3-157)
Telga2

Reference Distances

The reference distances (xref’ Yref;' Zref) are the distances
along the vehicle X, ¥V, Z, 2Xes, respectively, from the
vehicle coordinate system to the center of the flat plate facing
the wind. Since the equipment bay and mission equipment
boxes may be of different dimensions, the effective flat plate
will be taken to be equal to the one which is farthest from the
vehicle coordinate center as a worst-case approximation.
Figures 3-13 and 3-16 illustrate the following equations:

¥, Nose Forward )
Xx"ef LENGTH/2 + EQMIXL]
Yrefl = o , ‘ (3-158)
Zref ]
2. Nose Down
Xof 1/2 (EQMIXL, - EQM2XL)
Zoof -1/2 max (SIDE, EQOM1ZL, EQM2ZL)

I

3. Sidewazs

X ot 1/2 (EQMIXL - EQM2XL)
Vref |7 "1/2 max (SIDE, EQM1YL, EQM2YL) '. (3-160)
Zref 0 ]
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4, Saolar Panels. Sincé the y components cancel out and
the z_ components are zerc (as shown in Para, 3,8, 1, 1,b),
only }‘érefs for each panel need be supplied. -

The panels may be located at the center, forward or aff
of the equipment bay:

1/2 LENGTH, forward
0 , c_enter o (3-161)
1/2 LENGTH, aft

1}

x .
refSP

Transforma.twn Mé.tr‘ices. The fransformation matrices re-
lating the orbital reférence frame to the vehicle coordinate
frame are defined as:

X : X

(o] - . .
Vo ( = [Ty, (3-162)
z Z

o] v

Refer to F1gure ‘3-16"for the following def1n1t10ns of the three
transformation matrices.

1, Nose Forward
S -
[t} =10 1 o (3-163)
_o 0: _l_J
2. Nose Down
= _
[T] =10 1 o (3-164)
T . 0,
L .
3. Sideways _ _
0 0
[T] =1 o o (3-165)
' 0 1
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g. Aerodynamic Force Coefficients

The aerddynamic force coefficients for a flat plate are:

CA = 2.012 cosza (3-166)

C, = -sin28 (3-167)

C, = sin2¢ (3-168)
where .

‘@ = angle of attack, radians

B = .sideslip angle, radidns

o = total angle of attack

H

cos_l[cos 8/(1 +coé28 tanza)”:z] (3-169)
For small angles, o can be expre,sseci'as:

¥ = cos™ 1 |_1/(1+a'2)1/2] (3-170)
It is assumed that only the flat plate facing the wind receives
any force on it. Further, & and B are assumed to be at their

maximum values.

o = deadband (3-171)
VY {max)
_ -1 e] _
8 = tan '—-"}.;O—(-'m"ax) + deadbanF1 (3 172)
where
Vx {max) = orbital X component of the relative wind
¢ . velocity vector, ft/sec )
VY (max) = orbital Y, component Vx (max) and VY {max)
°© can be approximated as:® ©
Vx (max) = r O (3-173)
o
VYO (max} = -w, T sini {3~-174)
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where

r = vehicle radius from center of the earth, ft

w, = earth's angular rate
= 7.2924 x 107" rad/sec (3-175)
i = orbital inclination, deg
thus, o
B = ta.n'l(-ae—- sin 1) + deadband (3-176)
[s]

The average orbital rate, w_, is given by Equation (3-145),
If the semi-major axis is in nautical miles, then the equation
for @ becomes:
w = 251 rad/sec
o 3]

a

{3-177)

3.8.1.2 Times that Disturbance Torques Are in FKifect

The amount of time that the aerodynamic disturbance torques,

Ty T
b v %

hyperbolic function. This function uses the information that for a circular

a ? Ty @ 2TE in effect _a.bout. each axis.will be approximated by a

orbit the torques are always in effect and for an orbit with hp = 100 and
ha. = 200, the torques are effective 0.2 of the time. The function also
takes into account orbit eccentricity. The resulting equation is

_ _ 6
T, =T, T, = pT(2.592 x 107}, sec ] (3-178)
x y z

where

H
il

mission lifetime, months

- 17.8
p = (ha“hp+13-75)-+ 0.05 (3-179)

=
1l

apogee altitude, nmi

=
I

perigee altitude, mmi
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3.8.2
3.8.2.1

Solar Radiation Disburbance Torques

Worst-Case Solar Radiation Torgques -

Assumptions. Several assumptions and approximations must

Be made as to vehicle shape and size and the location of the sun
in order to simplify the solar torque equations. It will be
assumed that the solar panels, when present, will have their
full area perpendicular to the sun line at all times.

All vehicle types {box, cylinder and sphere) will have an assumed
shape of a box. Therefore, Figure 3-13 will apply except that
the solar panels will be in the x - y plane. :

It will be agsumed that the vehicle looks like a flat plate to the
sun's radiation. The plate area used will depend on the vehicle's
orientation in orbit (i.e., nose forward, nose down, or side-
ways). The location of the effective flat plate relative to the
c.g. will be taken as the maximum dimension of the equipment
bay or mission equipment boxes.

Worst-case torques will exist when the sun line is perpendicular
to the flat plate and directed along the negative z  axis {in the
orbit plane, away from the earth's center}. -

The equations were simplified from those provided in References
3-8 and 3-9. Pure specular reflection is assumed.

General Solar Torgue Equation. The simplified equation for

solar forques acting on a flat plate with the above assumptions is:

T, = 7 x F, o (3~ 180}
where
¢ = distance from the vehicle c.g. to the center of
pressure {located at the centerof the flat plate)
o= n Ap(l+ed {3-181)
o = solar radiation constant outside the earth's

atmosphere

I

9.4 x 10”2 1b /%

AP = flat plate area '

g = reflectance coefficient of the surface of the plate
= 0,7 for the vehicle



The equation for T can be written in matrix notation in the
orbital Teference coordindates as:

{ryd = T1{F ] (3-182)
where ‘
- 0 -4y, ﬁy
(21 A}, 0-- (3-183)
-',EY .@x 0
by *eg Fep
,ﬁy = ['lff‘] ch “Vep {(3-184)
L Zeg T%ep
cCPi ep’ ch = ?istances from the center of the‘vehicie coordinate
rame to the center of the effective flat plate

along the vehicle x, v, z axes, respectively (ft)..

. V.. and z__ are the
cg “cg cg
same as previously defined in Paragraph 3.8.1:1,

The vehicle coordinate frame, [T1 %

Substituting Equations {3-181) and {3-183) into (3-182) yields:
T f £

Sx . v ]

Ty = BA (1 +6){-e_ {3-185)
y

T 0

8
Z

For the nose-down configuration, the worst-case solar torques
will occur when the sun line is along the £ axis. In this
instance, the solar torque equation becomeés:

0

{T_} = h-A (1+¢) |2 ' (3-186)
%" nose down c P 2
_’@Y
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When solar panels are present {in a nose-forward configura-
tion only), the solar torques acting on the panels must be
added to the solar torques on the main body. These may be
simplified by geometry considerations, The final equations
are shown below as:

Z ‘ A
. Yy Ysp
0 0
where
5 = solar panel area
refsP
A Y = solar panel moment arms
*sp s
egp = reflectance coefficient of the solar panel surface

= 0,2

Reéference Areas. The solar reference area is the area of the
eifective flat plate facing the sun. ¥For worst-case solar torques,
the sun line is parallel to the orbital z_ axis {see Figure 3-16).
An exception to this will occur for the nose-down configuration
where the sun could be directed broadside at the vehicle along
the X, axis. .

As in aerodynamic torques, the cylindrical and spherical
shaped bodies will be assumed to be boxes. Far all configura-
tions:

AP = SIDE * LENGTH + EQMIXL * EQMIYL + (3-188)
EQM2XI, * EQM2YL © .

Center of Pressure Distances. The quantities Fepr Yepr Zep
are ihe distances from the vehicle coordinate frame to ?he
middle of the effective flat plate acted on by the gun’s rays.
Since the equipment bay and the mission equipment boxes may
be of different dimensions the effective flat plate will be taken
to be the one which is farthest from the vehicle coordinate
center for worst-case moments. Figures 3-13 and 3-16
illustrate the possible cases. For all configurations:
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xcp 1/2 (EQMIXL - EQM2ZX1L)

Yep{ © 0 (3-189)
Zes -1/2 max {SIDE, EQM1ZL, EQM2ZL)
3.8.2.2 Times that Solar Disturbance Torques are in Effect

[

The amount of titne that the solar disturbance torques are in
effect about each axis will be taken as the timme that the sun is acting on
the vehicle. These times are used in conjuzw:ction with the worst-case
disturbance torques to arrive at an average disturbance torque acting on
the vehicle during its lifetime. A very conservative assumption is made
here hased on worst-case conditions by assuming that the maximum effec~
tive area is always perpendicular to the sun line while the vehicle is in the

sun. The equations for 'fs s Tg and 'rs are:

x v 7
6y .
T =T, =T, 0= TS(E.SQZ x 107}, sec {3~190}
X v z
whetre
TS = time that the vehicle sees the suh, months
2 L1 11e
o '"w'—"‘“ [TT - 1,02 sin m) (3-191)
o e P .
w, = orbital mean motion, rad/sec
he = earth radius, ft’
hp = orbit perigee, ft
3.8.3 Gravity-Gradient Disturbance Torques

The general equations for gravity-gradient disturbance torques
are given in Reference 3-8. They are simplified below using small angle
assumptions and worst-case conditions {i.e., the vehicle is at parigee).

The products of inertia are also assumed ti) be zerd or negligible.
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T, = K(J - Jy)-eR /57.3

x - x
Tg = K{J, - 3)ep /57.3 _(3-192)
y C y
T = 0
& .
where .
. 2. 2 .
K = 30 °/(57.3) (3-193)
® = ave I:age orbital rate (deg/sec)

GR s BR accuracy fequirements ‘on the pitch and vaw axes,
Yy =z respectively (dqg). .

J,J,7J
x v Tz

'rr'.)ll, pitch, and yaw inertias, respectively,
(slug-ft2) (in orbital coordinates)

The inertias of the solar panels (if any) are assumed to be

negligible.

3.8.4 Total Maximum Disturbance Torques

The total maximum disturbance torques are simply the sum of

the individual c;ontributors:

r oy,
; MD .Ta : Tg Ts
X X . P-4
JMp b=dT, S4dT Ladr > (3-194)
y y y y
M| T T T
DZ aZ gZ . . SZ
. / ' ! A .

The total disturbance momentum is the sum of the individual

momenta: . . .
( 9 3\ , 1 ¢ ‘ r 4\ ¢ 3
M_| T | i T T T

D a a - S. s
- X b N 5 gx b 2

Wy, ofrl=<r, L e by Jy e+ T, b de b (319)
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3.’8.5

Design Logic

-

The sequence followed in computing the disturbance torques

is as follows:

a.-o
b.

C.

d,
e,
£,
g.

h.-

i.
J.
k.
ll

~ Abort design attempt if perigee is less than 65 nmi.

Compute the gravity gradient torques.

If perigee is greater than 500 nmi, set the aerodynamic torques
to zero and go to the computation of the solar disturbance
torques (1). ’

Set the solar radiation disturbance torque to zero.

Compute the aerodynamic reference areas.

Compute the aerodynamic reference distances.

Compute the aerodynamic force coefficients.

Compute the dynamic pressure.

Compute the aerodynamic disturbance torque.

Compute the time that the aerodynamic torque is in effect.
Go to the tota.-l maximum disturbance torque computation (q).
Compute the solar reference area.

Compute the center of solar pressure.

Compute the solar pressure moment afms.

Compute the solar disturbance torque.

Compute the time that the solar disturbance torque is in effect,
Sum up the total maximum disturbance torques.

Sum up the individual disturbance mdments.
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4. AUXILIARY PROPULSION SUBSYSTEM

4,1 . GENERAL
4,1,1 Subsystem Functional Description

The two functions of the auxiliary propulsion subsystem are
to provide attitude control forces and stationkeeping or maneuvering forces.
The attitude control function incluéles pitch, yaw, and roll torques. The
forces involved must be provided with a response rate compatible with
the dynamic c¢haracteristics of the vehicle and the S&C su‘bsystem.
Stationkeeping or maneuvering velocity increments are pro-
vided by translational forces along a vehicle axis and through the center of
gravity. Sufficient thrust and propellant must be provided to account for
any requirements of orbit circularization, apogee /perigee correction, and

plane change AV.

4.1.2 ‘Component Functional Descriptions

4,1,2.1 Propellant Group

The propellant group stores the required "iimpul'se propeliant
and provides control and AV forces on command. The specific components,
‘heir functions, and operational considerations (where appropriate are as follows:

N a. Thruster(s)

1. Provide steady force: duration, thrust level.

2. Provide pulse mode force: number of starts, minimum
impulse bit.

b. Tank(s

1. Contain propellant{s) sufficient to meet mission
requirements plus a safety margin.

2. Provide propellant/pressurant separation.

a. Filter(s). Protect small flow passages and moving parts
from contamination.



d. Isolation Valve(s)

1. Close off propulsion system from tank to minimize
risk of leakage during boost and inoperative periods.

2. Provide redundant on-off function in the event of ‘system
leakage. .

e. ¥ill and Drain Valve. Provide for loading system with pro-
pellant and draining after ground test or launch abort.

f: Thruster and Sy:stem Heaters /Insulation

1. Maintain the components within feasible qualified
thermal limits.

2. Prevent propellant freezing (heaters and insulation) and
vaporization (insulation only). '

g. Plumbing and Connectors

1. Provide propellant flow between all components:

2. -_-Provide for component attachment and system
"integrity checkout.

4.1,2.2 Pneumatic Group

The pneumatic group stores sufficient pressuraﬁt gas (or
gaseous propellant) to maintain the required propellant flow rate throughout
the mission life. A constant regulated pressure is provided, if necessary.
The specific comp:ment functions are: -

a. Regulator., Establish a constant system pressure within
allowable tolerances.

b. - Tank. Contain pressurant to satisfy mission requirements
~anK. € P : q
plus a margin,

c. Fill'and Vent Valve. Provide for pressurizingfunloading .
pressurant. -

d. Filter. . Protect the regulator and valves from contamination
due to loading.

e. - Relief Valve. Automatically vent excessive system pressure
in the event of a regulator failure or system malfunction.

£, Isolation Valve

1, Provide means of .switchlng' from the primary pressure

14

regulator to a backup regulator.

2. Provide on-off pressurization in the event of a system
" leak. - '
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g. Plumbing and Connectors

1. Pravide pressurant flow between all components.

2. Provide for component attachment and system integrity
checkout.

4,1.2.3 Electrical Instrumentation Group

The electrical and instrumentation group provides and routes
valve control signals, heater power, and telemetered data. The general

components are:

a. Valve Power Harness. Provide fu.nctlomng power té thruster
valves and isolation valves.

b. Heater Harness. Provide power to various system resistance
heaters. .

c. Propellant Group Instrumentation .

1. Monitor system pressure and temperature to establish
residual for blowdown type operation and to indicate
leakage.

2. Monitor all valve signals for indication of s')'rstem failures.

d. Pneumatic Group Instrumentation. Monitor system pressure and
temperature to establish residual and indicate failures which
require switching to a redundant system.

4,1.3 Subsystem Configurations

%

Figure 4-1 d;agrams a typ1ca.1 cold gas propulsion subsystem
configuration. Both attitude control and tra.nslatlonal thrusters are included.
@and @ represent pressure and temperature transducers. Isolation valves
are included to allow for close-off of any propellant manifold which indicates
leakage during inoperative pezl'iods. In general, no redundancy is included.
Increased redundancy or fail-operational ’requirements may be fulfilled by
adding more thrusters in separate manifolds, by using thruster valves in a
dual-sealing configuration,and by addmg other redundant backup components.

A typical hydrazine monopropellant subsystem configuration
is diagrammed in Figure 4~2. ' A pressurization -system is included; however,
the subsystem can also be operated in a blowdown mode by locking up suf-
ficient pressurant in the propellant tanks. A rubber or metal diaphragm
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separates the pressurant from the propellant. The use of isolation valves

and optlonal redundant componeénts is indicated. Heaters and/or insulation

are generally necessary.

A typical bipropellant subsystem conf1gurat10n is diagrammed

in Figure 4-3, Isolation and redundancy concepts are the same as above.

Insulation and elastomeric tank bladders are indicated.

4.2 INPUT DATA

Input data for the subsystem model is. requu'ed from the user

and several subsystems. As shown in Table 4-1, .the manda.tory inputs are

function, mission life, thrust, total Impulse, and pulse life requirements.

Table 4-1, Input Data Requirements

User Input

"1. Function (attitude control and/or AV)

2. Mission life

Stabilization and Control Subsystem
1. Attitude control thrust'level
2. Attitude control pulse life

3. Total impulse

Reliability

1. Degree of redundancy
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4.3 SUBSYSTEM DESIGN ALGORITHM

There are tliree basic. steps in the auxiliary propulsion subsystem
design algorithm. The first step is one of ascertaining whether a specific
configuration is compatible with the input requirements. The second step is
to calculate or otherwise determine the important parameters which describe
the subsystem design. Using this information, the subsystem components
may then be selected from the data base. These three steps are described

in detail in the following sections.

4,3.1 Configuration Compatibility

The design algorithm will design all three subsystem configu-
rations (cold gas, monopropellant, and bipropellant) and will provide the
reliability, weight, cost, etc. of each to allow selection by the user through
the process of elimination. If the input data so indicate, one or more of
the configurations may be eliminated automatically by the design algorithm,
as indicated in Table 4-2. This configuration test is intended to preclude
designing those configurations which are clearly undesirable, according to

engineering experience and analysis.

4,3.2 Desipgn Eguations

4.3.2.1 Liguid Propellant

The propellant group chara.cteristi.cs are defined first; then
the pressurant group is sized to complement the propellant group size and
pressure. Propellant and pressurant characteristics required for com-
ponent sizing are presented in Table 4-3.

Propellant weight (WP) is established from total impulse (1)
requirements, with a 10-percent factor added for softness in mission require-

ments, subsystem analyses, and component operation variances.

WP = L1L/I (4-1)
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Table 4-2. Auxiliary Propulsion Configuration Selection .

I

Cold Cas

Monopropellant

No -

Input Requirements - Bipropellant

Thrust :

< 224 newtong {< 50 1b) Yes Yes Yes

224.4450 newtons {50~1000 1b) Neo Yes Yes

> 4450 newtons {> 1000 Ib) No No Yes
Total Impulse

<4.4x loélnawtcn-sec (< 10% ibwsec) | . Yes No No

4,4 % 104 ~2.2x% 105 newtonnsecwilﬂék-'ﬁ X 104 Ib-zec) . Yesg- Yes No
. 2.2x10°-8.9x 10° newton-sec (5 x 1042 x 10° Ib-sec)]  No Yes Yes

> 8.9 x 10° newton-sec (2x 10° 1b-sec) No Yes

* Legend: .
Yes =~ Acceptable
No - Unacceptable




Table 4~3. Propellant and Pressurant Characteristics .

Average

Densit Specific Molecular

Propellant/Pressurant g’ P Weight, M
g/cm Impulse, Ig r
(kg/mole)
(sec)
Nitrogen --- 65 12,7
Hydrazine 1.0 200 e
Monomethyl Hydrazine 0.89 260 -
(with NTO)
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" The relative fuel (Wf) and oxidizer (Wo) weights ate derived

from the mixture ratio (MR) which is included with the thruster data in the

data base.
W
W = -..__L.._.
£ 1 + MR
: (4-2)
‘W = W_.x MR
K f

Propellant volumes (V) are based on propellant dens:.ty ©)
at 294°K (70 F).

Ve = Welpg
(4-3)
Vo - Wo/po
"Propellant tank volumes for-pressure-regulated configurations
are 10 percent greater than the propellant volumes to allow for a 5 percent’
minimum ullage and, again, to accou;rlt for possible requirement changes.
In the case of a monopropellant blowdown confzguratlon, the u}.lage require-~

ment is 100 percent of the fuel volume.

Ve T L1V,
Vo = L1V, (4-4)
Vit (blowdown) = 2Vi

Nominal propellant tank pressures at 294°K are based on the
rated inlet pressure (P ) of the selected thruster plus the calculated pres-
sure drop of the propellant group valves (AP ), plumbing (APi)' and filters
(AP £ 11:) For the regulated configuration: '
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Pyand P =P, +AP _ +20P. . +AP, (4-5)

ft
where
2
-3 .
1.29x 10 W
. 4-6
APiso o] CdA ( )
where C dA = effective flow area
and .2
APgy = Rw (4-7)
R = Flow resistance

and, since the plumbing length and configuration cannot be defined, the line

drop (API) is arbitrarily:

AP, = AP, (4-8)

Equations (4-4) and (4-5) are used for propellant tank selection.
For the blowdown case, the initial Pressure is the same as

above and the final fuel tank pressure is:
final P, = Pftlz (4-9)

The answer from Equation (4-9) is substituted back into Equation
(4-5) to establish the minimum flow rate. Minimum blowdown thrust (F in)’

to be compared with a minimum control requirement input, is then

Fmin = Yomin Ig (4-10)

The flow rate (v;r) used in Equations (4~6) and (4-7) and for sizing
valves and regulators is the maximum to be expected when a number (N) of
thrusters are operating simultaneously for pitch or yaw, roll, and trans-

lation functions. The maximum propellant flow rates are:

]

w NF/I_ (1 + MR)

I

“.ro v’vfoR : (4-11)
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The above flow rate, plus preséﬁres from Equation (4-'5) and
the pressure drops from Equations (4-6) and (4- 7), are used to select the -
propellant valves, basegl on a maximum allowable AP of 3.4 x 105 1'1g=:\.r.n‘:on/1n2
(50 psi}..

The corresponding pressurant flow rate (v;rpr) at 294°K is;

(4-12)
-7

“e . ’
= - X .02x 10
gwf/pf + wol,po) Preg Mpr x 1 x -1
where the regulator set pressure (Preg) is 5 percent greater than the highest
tank pr_essure:'

Preg = 105 Py or LOSP (4-13)

The flow rate from Equation (4-12) and the pressute from
Equation (4-13) are used to select pneumatic valves and regulators. The

maximum allowable regulator pressure drop (AP ) is 1,38 x'lo5 newi:cn'i/:m.2

{200 psi) at 294 K calculated by:
2
.

_ 4 _w ) _
Apreg =f1.27x 10 /P rog Mpr] (CdA) | (4-14)

The regulated pressurant volume (Vp‘r) at 294°K is based on

the propellant group size and pressure after all propellant is” expelled, plus
an added factor for the pressurant tank which remains at approximately
twice the propellant tank pressures. ‘

Vor = Ve t Vo vV, (4-15).

For the blowdown configuration:
VPr(blodeWn) = Vft . - (2-16)

The pressurant tank volume (V) for tank selection is based

prt
on an assumed tank capability of 2,07 x 107 new’con/m (3000 psia) and is

substituted back into the above pressurant volume equa.tmn. )
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Vort = Vpr X Py /3000 e (4-17)

-

Finally, the pressurant weight (Wpr) at 294°K and 2.07 x 106

newton/m2 {300 psia) is:
W__=p
pr

=3.056x10°%Mm v
Pr  prt

1

v t
pr Ppr (4-18)

The subsystem weight is compiled from the component data
base. Since line lengths are unknown, the propellant and pneumatic plumbing
weights are estimated as equal to 10 percent of the associated tank weights.
The number of filters for each propellant is equal to the number of thrusters
plus one for cold gas and monopropellant systems, and the number of thruster
clusters plus one for the bipropellant system. The electrical harness weight
is included in the total vehicle electrica‘l’ harness weight estimate in the

vehicle sizing model.

4.3.2.2 Gaseous Propellant

The total gas weight (Wpr) requirement is:
Wpr =1.1 It/Is (4-19)
2

]

The required tank volume (vprt) at 29'40K and 2, 07x 107 newton/m
including an allowance for residual gas at 6.9 x 105 newi:on/rn2 (100 psia), is:
A" £ 1,03 Wpr/ppr

pr .
3 (4-20)
=3.4x10°W /M
pr’ pr

The regulated pressure (Preg) is based on thruster inlet
pressure (Pti) and system pressure drop:

Preg ™ Py tAP;  +AP.. + AP, (4-21)

where

- -7 :
Por = 1:02x 107" B Mo, (4-22)
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Finally, the maximum flow rate (v.vpr) at 294?1( is:

G}P.r- =NF/I, (4-23)

The pneurhatic tank is selected from Equaticn (4-20) and ‘the

pressure regulator and valves from Equations (4-14); (4-21), and (4-23), based

. 2 .
on a maximum allowable pressure drop of 1.38 x 106 newton/m" (200 psi),

4.3.3

is as follows:

4.3.3.1

ae

Design Logic

The sequence followed in implementing the design algorithm

Liquid Propellant

Select translational thrusters.

1. Thrust level

2, Pulse life

Select attitude control thrusters.
l. Thrust level

2. Pulse life

Compute propellant flow rate.
Select filtsrs.

"1, Flow resistance

2. Maximum pressure rating

Select isolation valves

1. Flow area

2. Maximum pressure rating

Estimate line pressure-drop.

Compute required propellant tank pressures.
Compute propellant weight, - '

Compute requ:.red propellant tank volumés:.

- Select propellant tanks and number reqmred

1, Volume

2. Pressure
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Compute pressurant flow rate.

Select isoldtion valve for each pressure regulator.
1. Flow area ]

2. Maximum pressure rating

Select pressure regulator (if required).
1. Flow area

2. Pressure set point

3. Maximum pressure rating
Compute pressurant volume.

Compute pressurant weight.

Select pressurant tank. '

1. - Volume

2. Maximum pressure ra,ti.ng',r

Call up configuration special hardware from the data base
which is not differentiable,

1. Fill and drain valves,

Gaseous Propellant

Select translational thrusters.

1. Thrust level

2, Pulse life

Select attitude control thrusters.
1. Thrust level

2. Pulse life

Compute maximum flow rate.
Select filters,

1. "Flow resistance

2. Maximum pressure rating

.Select isolation valves.

1. Flow area

2. Maximum pressure rating
Estimate line pressure drop.

Compute required regulated pressure.
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i

Select pressure regulator.

1,

2.
3.

Flow area
Pressure set point

Mazximum pressure rating

Compute_ gas we ight.

Select tank and number required.
1.

2‘

Call up configuration special hardware from the data base

‘Compute required tank volume.

Voluime

Pressure

which is not differentiable.

1,

Fill and drain valve
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functions:

de

5.1.2

5. DATA PROCESSING SUBSYSTEM

GENERAL .

Subsystem Functional Description .

The data processing subsyétein performs any or all of the following

Command Decoding - Command decc‘)ding generally takes the

form of receiving data on the uplink and developing unique commands
to control the mode of the other subsystems. .

Telemetry Data Processing - Internal status monitors of the

spacecraft state-of-health provide signals for multiplexing and .
encoding. The output goes to the baseband as sembly unit in
the communication subsystem. for transmission on the downlink.

Attitude Processing - Attitude Processing generally takes the

form of processing sensor and rate data (pulse width, timing,
coincidence, etc.) and developing error signals. This may
require developing state vector or ephemeris from sun, earth,
and star sensor data. )

Mission Equipment Data Processing - Mission equipment pro-

cessing is unique to each payload but generally takes the form of
data compression. -

Subsystem Configurations

Two configuration models have been developed for the data -

processing subsystem:

a.
bl

Special purpose processors

General purpose processors

The special purpose processor configuration, depicted in Figure 5-1, has

been subdivided into two-cate gories:

al
b.

One (1) digital telemetry unit
Two (2) digital telemetry units
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The purpose of the two categories is to maintain consistency with the
communication subsystem which may have one or two downlinks which

the digital telemetry units (DTUs) are expected to service.

5.1.3 Configuration Compatibility

~

The data processing subsyséem configurations are generally .
consistent with the communication subsystem configurations, Table 5-1
suxxma.mzes the compatibility requirements between the two subsystems.
It should be clezr that the mission data, if provided, is combined ‘with the
"housekeeping'' data when there is only one communications dovmlmk.
When there are two downlinks, mission data isg handled on the separate

downlink. If mission data is not passed to the.spacecraft, the separate

downlink configurations in the communication subsys:l:em are NOT designed.

5,1.4 Equigmei’xt Types

The list of equlp:ment types from Whtch the subsystem components

Wll}. be selected is prowéed below:

a. ‘Digital telemetry unit

1. Multiplexer

2, Encoder
3. Control
b. Command decoding and distribution unit -

3 Decoder

2. Memory (if required)

‘ 3. Clock
4.  Control
5 Distribution logic

c¢. General purpose data processor

The elements of each compopnent are stated in order to avoid misunderstanding

as to whether any subcomponents have been left out of the model.
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Table 5-1, Data Processing Configuration Compatibility

o
Special Purpose-Processor
Communication - glf:;::i pecia Turpose rroce °
Configuration - Processor -- 1 DTU 2 DTUs
. . Yes .
Uplink, Plus downlink ‘ (1 Data Rate Yes No
Computed) '
Lo . ) Yes
Unified link, common antenna (1 Data Rate Yes No -
Computed)
o ) .Yes
Unified link, separate antennas (1 Data Rate Yes . No
Computed)
Unified link, common antenna (2 D;—:zsRates No Yes
plus downlink Computed)
Unified link, separate antennas :(2 Daiae.SRates No | Yes
plus downlink Combpute d).

Legend:
Yes - Compatible
". No - Incompatible




5.2 INPUT DATA

The information required from the user to design the data
‘processing subsystem is identified in Table 5-2.

In addition to the user supplied data, the following information
is required from the equipment data base for each component selected as
part of the spacecraft design:

a. Number of power switching commands
b. Number of time tagged commands
¢. Number of other conmnands
d. High rate telemetry ]

1, Number of analopg points

2. Nurnber of digital points

3. Sample rate (bps)

'4. Word length (bits)
e. Low rate telemetry

1. Number of analog points '

2, Number of digital points

3. Sarmple rate (bps)

4, Word length (bits)

Table 5-3 summarizes the additional input data required by the data

processing subsystem model.
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Table 5-2, Input Data Supplied by Usger

Representive
Symbol Name Value
BTRMX Maximum bit rate (bpé) 1.024 % 106
' SCSFL Special command synchroni- 0
zation flag
(0 means no synchronization
required, 1 means synchroniza-
tion required) .
TPRFL | Telemetry processing flag 0
{0 means telemetry processed
separately from’ general pur-
pose processor, 1 means
otherwise)
OPSMS Mission data processing rate 0
(ops/sec)
ARRAYN | Mission data for up to three 0
equipments
NMSEQ Number of mission equipment 0
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Table 5-3. Input Data Requirements

User Input
(See Table 5-2)

Data Base

(Summarized in text)

Stabilization and Control Subsystem
1. Number of attitude sensors
2. Data operations required per sensor

" 3. Data processing rate

Com:ﬁunication Subsystem
1. Configuration type °
2. Command rate
3. Command operations required
Teleme.try operations reqp.i.red
Reliability .

1. Degree of redundancy
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5.3 SPECIAL PURPOSE PROCESSOR CONFIGURATION

5.3.1 FTunctional Description

The specizl purpose processor configuration components per-

form the following functions:

a, Telemetry Data Processing - A typical telemetry data
processor {TDP) is shown in block dizgram form in Figure 5-2.
The TDP is divided into three major categories: multiplexers,
encoder, and control. The multiplexers (mux) consist of one
main frame mux having n channels being scanned at some
rate R (usually specified in bits per second, which if divided
by bits per channel, yield the channel sample rate} and some
number of m channel subframe multiplexers being scanned
at 1/n times the mainframe channel rate. All the subframes
need not be m channels but, for the sake of simnplicity, they
generally are. The encoder consists of a switch to determine
whether a given channel is presenting analog or digital informa-
tion, an analog-to-digital converter for those channels whose
input is analog, a one-word holding register, and a parallel-to~
serial converter to clock out the digital words at the serial
telemetry rate. The output goes to the baseband assembly
unit in the communication subsystem for transmission on the
downlink. )

The control logic generates all the timing signals, mux rates, .
sync words, etc., for handling the overhead and making every-
thing operate synchronously,

b. Command Decoding and Distribution - While it would appear to
be as feasible to standardize the uplink as easily as the downlink,
this has only been partially implemented. The uplink of SGIL.S
has indeed been standardized as well as the downlink, but the
standardization reaches only to the communications-to-data pro-
cessing interface. This leaves the command decoding and dis~
tribution to be uniguely specified for each vehicle. The command
decoding function often is included in the electrical integration
assembly of a spacecraft since this is a logical point from which
commands can be distributed.

Figure 5-3 is a block diagram of a fypical command decode

and distribution system. ¥From this block diagram,it can easily
be seen that the only parameters affecting the selection of the
command unit is the number of cornmands and the synchronizing
strategy., The uplink rate is not a determining factor since
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uplink rates are orders of inagnitude less-than the speed
capabilities of this type of logic. Synchronizing strategy is
the method by which the control logic recognizes the présence
of a command on the link, where it starts and where it stops.
This-allows the control logic to open and close the gate at the
proper times into the command regmter and strobe the decod-
ing logic. A further complication arises if commands are to be
time tagged (i.e., sent with the time they are to be executed).
This forces the decoding logic to include memory in which
these commands are $tored for later execution and requires
time to be sent to the control logic. (Note: LST is an example
of a tame—tagged command system. )} If commmands are timé
tagged, the maximum number of commmands which can be stored
must be specified.

The- on}.y other requirement which impacts the command system
is the total number of comamands uged. This requirement:
specifies the number of bits reqmred in the .command word and
the number (or width) of decoding gates réquired. The number
of bits (n) in the command word is related to the number of
commands (m) by the following relationship:

zn-iam

The command word of 2ll zeros should never be used &ue to
its failure state.

Mission Data Processing - Mission data processmg (MDP)
is the exception rather than the rule on most satellites and
when it is included it is highly specialized and designed ex-
pressly to execute-a specific algorithm. An example from
among the listed example satellites is DSP which preprocesses
and compresses the data from its primary mission.sensor.
The raw data rate is over 36 Mbps and this is reduced to less
than 0.5 Mbps in the datz processing electronics subsystem
(DPES) by a combination of peak detection and thresholding.
It must be pointed out, however, that the DSP DPES could not
even remotely be considered for other satellites, evén one
whose mission was similar, because of the other highly
specialized tasks performed by the DPES.
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5.3.2 Design Equations

The parameters which determine the TDP requirements are

seen to be quite simple, namely:

a. Maximum scan rate
b, Subscan rate
¢. Number of channels to be scanned at the maximum rate

d. Number of channels to be scanned at the lower rate (hence the
number of subframes)

e. Word length

The first requirement may be driven by the communication subsystem,
The bandwidth allocation may limit the maximum scan rate irrespective
of the sampling requirements but these are tradeoffs which must be made
in the design of the vehicle.

There are two approaches to the implementation of the hard-
ware after the requirements are determined. The first approach is to
standardize telemetry processors to one package versatile enough to
meet all requirements of at least a large majority of space vehicles.

This approach is taken by the Air Force space ground link system {(SGLS).
The digital telemetry unit (DTU) for SGLS can be delivered with word
lengths ranging from 4 to 8 bits, bit rate from 7.8125 bps to 1024 kbps,
'mainframe size from 32 channels to 256 channels, and any numbeér of

' subframes from 32 to 128 words long. The ranges of parameters are
not, of course, continuocusly variable but are given in discrete steps of
multiples of two times the base.

The second approach is to design special units, where necessary,
for telemetry data processing and on subsequent spacecraft try to choose
a TDP from a previous design which will meet the new requirements. If
an existing design cannot be adapted, however, a new unit must be designed.
The disadvantages of the first approach is that, .in its attempt to meet all (ox

most} requirements, it cannot be optimized for any and it must also be used
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as a part of a standardized communication subsystem which may also

place severe constraints on thé vehicle deﬁ‘gn. The second.approach

has the dma&va.nfage of often requiring new demgn when no prevmus de-

sign satzsﬁes the current requirements. :

There w:LlI. ‘always be cases which do not lend themselves easily

to standard.lza.tmn such as conformal coders and incremental (delta modu-

lation) encoders. These cases would, however, require special design

efforts under any mrcumstances for purposes of the model it would appear

most advantageous to elect the former option of having a standard;zed ™he

from which the most optimum equipment for a given space vehicle can be

selected from an inventory of standard items.

One assumption s:.mphfles the approach to a large degree. The

assumption is that the stabilization and conirol subsy stem will process

sensor daiga‘ ina spec1a1 purpose device totally contamed w;th‘m“ the sub- "

system; hence, no S&C'processing ig considered here.

Telemetry processing (elther special or general purpose) is

characterized: by having various inputs from each dof the other subsystems

and one output ‘to the communication subsystém. The inputs represent

points within each subsystem which are sampled, converted to digital

form (if analog), and presented to the modulator of the communication

subsystem for telemetering on the downlink. From this it is easily seen

there are only three parts to the telemetry processor:

a.

Interface Signal Conditioning for Analog.Data Points ~ This
equipment is required to make voltage signals which may have
widely differing ranges compatible with the input to the analog-
to-digital converter (generally 0-5 volts}. For the purpose of this
model, it will be assumed that €ach of these mterface conditioners
costs the same as the others and that no conditioning is required
for digital data points.

Multiplexer (mux) which Samples Each Point in a Pxeproiamed

Manner - Actually this is made up of two separate mmitiplexers,
the main mux and the sub-mux. The mnain mux samples at the
highest rate necessary and the sub-mux (there may be one or
more) samples at a fraction of the rate of the main mux and for
those points not requiring high sample rates.
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Analog-to-Digital Converter - Analog-to-digital convertier
[ADCY converts the analog signals to digital form so that they
can be transmitted on the down telemetry link., The ADC
accepts analog signals from the mux and outputs the digitdl
data.

The parameters which impact telemetry processing ares

Word Length - The word length {mainly associated with the
ATDC) is predicated on the accuracy and range requirements o
the sampled point, This parameter is supplied by the subsyst
and is given either directly {(in bits} or in granularity {e. g. ,

1 part in 256 requires 8 bits).

Total Number of Points to be Sampled along with Each Point's
Sample Rate Requirement - Xach subsystem will supply a lis
containing an enumeration of points and the rate at which it
must be sampled. These generally will bedivided into two
lists, one for high sarnple rates and the other for low sample
rates. The former is associated with the main mux and the
latter with the sub-moux. Along with each point must also be as
indication of whether this point is analog {requiring interface
signal conditioning) or digital. There is, then, a 4xn

{n = total points} array containingi

1. The name (number) _of the point

2. The sample rate {samples per second)
3. The word length required (bits)

4, Analog or digital

Command processing is considerably less defnanding having

rasically only two requirements:

b=

b.

Command word length is derived from the total number of
commands in the system.

If time tagged commands are required,a memory must be pro-
vided to hold the commands for later processing. The number
of words in the memozry is set by the maximum number of
commands which must be stored at any one time for later pro-
cessing.
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5.3.3

De sign Logic

The sequence followed in implementing the de51gn algorithm

is as follows:

=M

" If the communlcatlon subsystem does not have a separate down-

link for the mission equipment data, combine the mission equip-
ment CDPI requirements with the data for the equipment selected

from the data base.

Order high rate telemetry points by sample rate requ1red for
each piece of equipment.

If any telemetry points are analog; an analog-to-digital con-
verter is required.

Set the maximum bit rate.

» . Determine the median data rate in the high rate telemetry table.

If the highest rate is greater than twice the medlan, double the
allocated telemetry points and halve the highest rate.

Reorder high rate telemetry table, determine new median, and
repeat test. .

If the highest rate is less than twice the median, set the sample
rate equal to the highest rate.

Determine the median word length requlred in the hlgh rate

_table.

If the maximum word length required is greater than twice the
median, double the number of allocated telemetry points and
halve the word length.

Reorder hlgh rate telemetry table by word Iengi:il, determine
new median, and repeat test.

If the maximum word length required is less than twice the
median, count the total number of words required and multlply
by 1. 20.

If the number of words is greater than 256, abort the design
attemnpt,

Set the main frame length to the value of 2 next larger than
the number of words (5 S.n < 8).

Set word length to maximum reqmred length.

Take the product of number of words, word length and sample
rate to vield bit rate.
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g- Set bit rate to next highest multiple of 7. 8125 x 2" (0<n<17).

r. If the bit rate is gfeater‘ than the maximum bit rate, abort the
design attempt. '

s. Order low rate telemetry points by sample rate required for
each piece of equipment selected from the data base, .

t. Determine the median data rate in the low rate telemetry table.

u. If the highest rate is greater than twice the median, double the
allocated telemetry points and halve the highest rate. = -

v. R.ec;rder low rate telemetry table, determine new median,and
repeat test. ) .

w. If the highest rate is less than twice the median, set the sub-
frame rate equal to the highest rate. : T

x. Set the subframe length equal to the mainframe rate divided by
the subframe rate.

.¥.  Set the subframe length equa.'l to the nearest lower value of 2"
(55=n=T7). i .

z. Multiply the total number of low rate telemetry points by 1.20.

.Set the number .of subframes to the next larger integer of the
number of low rate telemetry points divided by the subframe
length. )

Select 2 DTU based on:
" 1. Bit rate
2, Word lengtil

3. Number of mainframe words

1

o

4. Number of subframes
5. Number of words per subframe
6. Analog-to-digital converter requirement,

If the communication subsystem does have a séparate down-
link for the mission equipment data; ‘repeat steps b through b
- using the mission equipment CDPI requirements.

o

If the user specifies a special command synchronization require-
ment, print an exception report. o

e

Sum up total number of commands fequired.

)

Multiply number of commands by 1.5. -
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Raise the number of commands to next larger power of 2™

g-

h. Setthe cémmand word length equal to n.

d, If time tagged—cormnands are specified in data base, state that
time tagging is required and set the number of memory words
required equal to the number of time tagged commands.

5.4 GENERAL PURPOSE PROCESSOR CONFIGURATION .
5.4.1 Functional Description

The model of a general purpose (centrahzed) data processmg
subsystem is characterized by having a general purpose computer aboard
a satellite which has sufficient computing capability to handle all (or Some
well defined pa.rt) of the data processing tasks aboard that satellite. While
it is clearly recognized that th1s represents a departure from the ma.Jor
portion of today's spacecraft, 1t is also recognized that this approach be-
comes more attractive as more capable spaceborne computers become
available. The estimated rate in operations per second will be used to
evaluate the ut111ty of a given computer in a'given satelhte Secondary
considerations such as maximum memory size constralnts and special

radiation hardening requirements will not be included in this model.

5.4,2. Designﬁ Equations

The requirements of a general purpose data processmg sub-

system are contained within the following dr1v1ng f unctions:
a. The number of 1nputs to the processor and the rate of data at
that input. :

b. The number of outputs from the processor and the rate which
each generates (no multiplier for operations is assurhed since
each output is assumed to be a result of an ‘operation on an
input).

c. A 20-percent factor added to the total.to account for software
overhead attributed to the operatmg system (executive program).

d. A 50-percent factor added for expansion and contingencies.
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The first decision is whether to process the telemeti'y within
the general purpose computer or to process it separately in the classical
manner. The input for this decision is user supplied and could be
to do both so a comparison can be made directly. One factor appearing
is a f:err‘n designated "Operations Required.” [For S&C this factor must
be defined by the subsystém since different types of S&C require different
computations. For telemetry the -operat ions required will be four and
command will be six since these functions require no processing but only
a storagé and output plus decoding in the case of command, Telemetry
rate has been previauéfiy computed and command rate is the rate at which
commands can be sent which must be supplied by the communication
subsystem (the rate must include any time required for a preamble).

Mission Ops is user specified.

5.4.3 Design Logic

The sequence followed in implémenting the design algorithm is

as follows:

a. Duplicate the logical operations specified for the special purpose
processor configuration. Do not select the DTUs from the
data base 2t this point. :

b, Set the telemetry operations rate eéual to the product of the bit
rate and the number of telemietry operations required dw:tded by
" the word length.

c. If the user specifies that the telemetry is to be processed
separately, set the telemetry operations rate egual to zero
and select the telemetry DTU from the data base.

d. Set the 5&C operations rate equal to the product of the number
of attitude sensors, the operations required per gensor, and
the processing rate.

e, Setthe command operations rate equal to the product of the
command rate and the nurnber of operations required per command.

f.  The total operations rate is equal to the sum of the operations
rates for telemetry, S&C, command, and mission equipment.
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Multiply the total operations rate by 1.2 to account for over-

. head functions.

Multiply the new total operations rate by 1.5 to allow for
expansion.

Select a general purpose processor based om o

1. Instruction rate
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6, COMMUNICATION SUBSYSTEM

6.1 GENERAL

A design algorithm has been prepared which can be used 0
establish preiim:inary designé of the communication subsystem. The algo-
rithm establishes the subsystem configuration, selected pe rformance char-
acte ris‘tics required of the components, and criteria for selecting acceptable
components from the data base. )

Some design considerations require knowledge of the standards
employed; thesé standards were not available for the NASA unified S-band
(USB) systems and, as a consequence, parts of the algorithm gravitate
toward the Air Force space ground link system (SGLS). However, the
model has been made more general wherever pcﬁssiiﬁe. " Reference 6-1
was uged for information on the SGLS and Re ference 6-2 was used for the
NASA system. ’ ' B ) ‘

The algorithm includes provisions for deteminin§ the charac-

teristics of:

A Anteﬁpa.‘g

b. Transmitters

C. _ReceiVers'

d. Cominand signal conditioners
e. Baseband assembly units

f. Diplexers )
Command decoders, digital telemetry multiplexers, and recorders are
hot included because they were assigned fo the data processing subsystem,
Encryption and ’de;cryption equipment are primarily of interest in DOD

programs and axe not included in the model. -

6.1.1 Subsystem Functional Description

The communication subsystem receives the uplink transmissions
and supplies the demodulated signals to the command decoder for satellite

6-1



and mission command and control. The su]:;system transmits the ""house-
keeping' and missié;r; data. The data is received from the data processing
subsystem. In many designs, the subsystem receives a ranging signal from
the ground stations and transmits a corresponding signal bac‘k- to the

ground,

6.1.2 Component Functional Descriptions

The communication subsystem components perform the follow- '

ing functions:

a. Antenna
1. Radiate and/or receive electromagnetic signals,
2. Provide gain/directivity.

b. Receiver

1. Demodulate RF uplink signal and produce a frequency shift ‘
keyed (FSK) signal output for the SGLS or a command
pulse train for the NASA USB system.

2. May provide a ranging code output and a drive signal
for coherent-operation of a telemetry transmitter.

C. Command Signal Conditioner - Convert FSK from SGLS
receiver to binary signals. :

d. Baseband Assembly Unit - Modulate digital housekeeping data
from the data procéssing equiprnent on subcarrier(s) and
combine with pseudo-random-~noise (PRN) ranging code from
the receiver.

e. Transmitter

1. Modulate housekeeping or mission data on a carrier at
the appropriate radio frequency and amplify the power
to the required level.

2. May accept a ranging code and a drive signal for coher-
ent operation, -

f. Diplexer - Combine or distribute signals at different radio-
frequencies.

6.1.3 Subsystem Configurations

Five configurations have been established. The simplest config-

uration, which is depicted in F."igure 6-1, is a non~unified subsystem with a
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Figure 6-1. Separate Uplink and Downlink
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separate uplink and downlink. Figures 6-2 and 6-3 present unified sub-
system configurations ha:ving either a common antenna or separate antennas.
Downlinks separate from the unified links are provided for the mission
equipment data in the fourth and fifth subsystem configurations presented

in Figures 6-4 and 6-5,

6.2 INPUT DATA

) Input data for the subsystem model are required from the user
and several subsystems. Inputs supplied by the user are listed in Table 6-2.
As shown in Table 6~1, mandatory inputs (other than user-supplied) include
mission and housekeeping data rate(s), vehicle stabilization type, and the

amount of redundancy required.

Table 6~1. Input Data Requirements

User Input

(See Table 6-2)

Data Processing Subsystem

1. Mission data rate (bps)
2. Housekeeping data rate (bps)

Stabilization and Control Subsystem

1. Stabilization type (spin versus nonspin)

Reliability

1. Degree of redundancy

6.3 SUBSYSTEM DESIGN ALGORITHM

The design algorithm provides a means of establishing com~
munication subsystem configuration, selected performance characteristics
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Figure 6~2. Unified Link, Common Antenna
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Figure 6~3, Unified Link, Separate.Antennas
' Configuration Block Diagram
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Figure 6-4, Unified Link, Common Antenna Plus
Downlink Configuration Block Diagram
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RANGING COHERENT
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SIGNAL ' '
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Figure 6-5, Unified Link, Separate Antennas Plus
Downlink Configuration Block Diagram
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Table 6-2. Input Data Supplied by User

Name Representative Value
Compatibility requirement {USB/SGLS) - SGLS
Range and range rate requirement . . .No
NASA /AFSCEF net AFSCF
Nadir coverage requirement No
Orbit apogee {nmi} . 500
Vehicle orientation {earth!ncn—éarth) _ ' Earth
Frequency of each link (MHz} © S-band
Commeand bit or band rate (bps) 1000
Telemetry bandwidth (Hz) - Para 6.3.2.2

required of the components, and criteria for selection of accep’taﬁle com-~
ponents from the data base. ‘ l

6.3.1 Configuration Selection

The design algorithm will normally design all five subsystem

configui*ations. If the inpui data so indicates, one or more of the configura-
tions may be eliminated according to the user-supplied input requiremients.

This configuration test is outlined in Table 6-3.

6.3.2 Design Equations

6.3.2.1 Baschand Assembly Unit

-

The baseband assembly unit (BBAU) is an SGLS ;:omponent with
characteristics and capabilities consistent with those described in Refer-,
ence 6-1. The maximum data rates allowed on the subcarrier(s) are
limited to thoge for which Reference 6-1 provides data on bit error rate

s
i

degradation due to hardware,

* > = *
This information, excerpted from Reference 6-1, is summarized
in an addendum to this section.
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Table 6-3. Communication Configuration Selection

——

Configurations - R:anging Requirement
Uplink plus downlink . No
Unified link, common antenna Yes
Unified link, separate antennas Yes
Unified link, common antenna Yes
plus downlink
. Unified link, separate antennas Yes
plus downlink

Legend: Yes - Acceptable
No - Unacceptable

A BBAU is used as part of the unified links. The BBAU selectio
is based on the number of input bit streams to the unified link and the bit
rate of each stream.

For a single bit stream, a BBAU with a 1.024 MHz subcarrier
is used for data rates up to and including 128 kbps, and a BBAU with a
1.7 MHz subcarrier is used for 256 kbps.

For two bit streams, a BBAU with a 1.024 MHz subcarrier and
a 1.7 MHz subcarrier is used; the bit stream with the lower bit rate is
assigned to the 1.024 MHz subcarrier and the other is assigned to the
1.7 MHz subcarrier. The maximum capability of the 1,024 MHz sub-
carrier is 128 kbps, and the 1.7 MHz subcarrier capability is 256 kbps.
The frequency of the subcarrier associated with each bit stream must he

noted from the data base for later use.

6.3.2.2 Downlink Effective Radiated Power

This section of the algorithm is a straightforward link analysis

for effective radiated power (ERP), Atmospheric and rain attenuation are
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not included because it is not of great significance at the radio frequencies
commonly in current use for telemetry transmissions. Ground antenna
pointing logs is not included because it is considered to be ne gligibl‘e‘ in
terms of the accuracy that can be expectéd from this general procedure. '
The computation should be made for the worst combination of space loss
{corresponding to maximum transmission range) and satellite antenna- gain
in the direction of the receiving station., However, if this combination is-
unknown, alternate procedures are included t6 perform the calculations
based on agsumptions. The computation.is performed- ﬁéing the following
equa'ticm, which is in units of dB. '

ERP '= S/N+SL+K+B-G/T+M+L (6-1)
whete ’ : -

ERP = Effective. radiated power (dBWY

S/N° .= Signal-to-noise ratio

SL ‘=  Space loss .

K =  Boltzman's constant (-228.6 dBW/Hz/%K)

B = 10 log bandwidth (Hz)

G/T =  Gain-to-temperature ratio of recéiving system
M = Margin ‘

L. - = Other losses which include:

Trangmitter circuit logses

Polarization loss

Satellite antenna off-axis loss

Modulation loss .
Bit error rate degradation due to ground hardware

If S/N is not specified, assume a value of 10°dB.
Space loss (SL} is obtained from the ratic of the area of a
sphere at the transmission range {S) to the area of isotropic antenna.
z ’ ’
_ 4S8 ) -
sL = 505 | : (6-2).
. A / 4

where A is the wavelength, and A and S are in meters.
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Also 2

o= 2210 (6-3)

where f is in MHz,
Simplifying and converting units results in

SL = 6017 8%%"

where S is in nautical miles

(6-4)

In units of dB, the equation becomes

SL = 37.8+20 logS +20 logf - (6~5)

The default value of 2250 MHz for frequency will later result in
the same frequency for all transmitters that are based on the default value.
In reality, a number of different frequencies would be assigned to the
transmitters; however, use of the default value of frequency will not
introduce significant errors in the major subsystem characteristics.

For the user who does not know the transmission range, apogee
(A) is conve #ed into slant transmission range (S) for an observer at 0°

elevation angle.- The geometry is shown in Figure 6-6,

Figure 6-6, Orbit Geometry

Hence .
2 2
s = (a+1n°-r? (6-6)

where r = 3440 nmi {6375 km)

s =,/a% + 68804 (6-7)
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If bandwidth is unlknown, * it is set equal to 10 log of the data

rate in bits per secénd. (This assumes nonreturn-to-zero bit representa-

tion.)

If G/'I“ is not specified, it may be computed from

G/T = Gg-~ 10 log T (6-8)
where

GR = ground receiving {(downlink) antenna gain (dB)

T = system noise temperature (CK)

- If the noise figure (N¥ dB) in dB is available, it should be con-

verted to temperature in °x using

NF
T = (antilog—ﬁg-—f‘s— -ll) 290 (6~9)

Information for G/T of AFSCF stations may be obtained from
Paragraph 4.1, 3 of Reference 6-1., In the absence of other information,
assume the use of the 46-ft antenna (Gp = 47.5 dB, T = 220°K)." "

Information for G/T of NASA stations may be obtained from
Reference 6-2. In the absence of other inforrna.tion,‘ assume the use of
the 30-ft USB antenna with uncooled paramp (Gg = 44 dB, T = 170°K).

Margin is used to make allowances for miscellaneous losses
not included in the analysis and may also be used to allow for nonoptimum
system implementation. If not specified, use 6 dB.

If transmit{:er circuit losses are not specified, use 1.5-dB for
unified link with a cornmon antenna and 1.0 dB for all other links.

If polarization loss and satellite antenna off-axis loss are not
specified, assume it to be 0 dB., (Assumptions for these losses are in-

cluded in the reference values given later for antenna gain.)

*For the case of a unified link with two subcarriers, the dB values for
bandwidth, modulation loss, and ground hardware degradation are
summed for each subcarrier and the greater total is used.

#*See Addendum )
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The modulation loss for a separafe downlink is 0 dB. For uni-
fied downlinks, the moduia.tion loss for SGLS is calculated from the equations
contained in Paragraph 4.1.2 of Reference 6-1." The equation for "TLM
Mod. Loss'" is used for a single subcarrier from the BBAT_J. For the case
of two subcarriers from the BBAU, use the equation for '"Subcarrier (1.024)
Mod. Loss™ for the 1.024 MHz subcarrier and "Subcarrier (1.7) Mod.

Loss'" for the 1.7 MHz subcarrier. If the modulation indices are not

specified, the following may be assumed from Table 6-4,

Table 6-4, Modulation Indices

"PRN Subcarrier

o = Smmmm— _:;

1.8 radia;n

1 subcarrier vy = 0.1 radian| B8

I}

2 subcarriers . | vy =0.1 radian By B’Z‘ = 1.0 radian

The absolute value of modulation loss is used, *¥

The bit error rate degradation due to ground hardware for SGLS
is shown in Table 4-2 of Reference 6-1.* Use the values for Carrier II for
the separate downlink., For unified links, use the value(s) for the appro-
priate subcarrier(s). ¥ .

In the interest of simplicity, the iink analysis for the unified
downlink is limited to data transmission considerations. Analyses of the
carrier and ranging signals are not included because they seldom have a
significant effect on the sizing of the downlink. All default values of modu-

lation indexes are within the SGLS limits cited in Reference 6-1. The

*See Addendum .

**For the case of a unified link with two subcarriers, the dB values for
bandwidth, modulation loss, and ground hardware degradation are summed
for each subcarrier and the greater total is used.
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modulation index(es) were chosen so that the modulation logs is near
minimum. For two subcarrie rs, the modulation indexes were made. equal

to provide equal modulation loss on the two subcarriers.
6.3.2.3 Antennas
e ™)

Careful attention is usually given to the choice -and design of
satellite antennas because of the direct impact on the transmltter power,
Depending on the total satellite electrical load, the transnntter power can
have an impact throughout the satellite because of its mfluence on the elec-
trical power subsystem. Each antenna shown. in the conf1gura.t10n block
diagrams should be considered separately. It is possible for each antenna
on a satellite to be different from all other antennas on the same satellite,

User requ1rements for the antenna(s) should be used, If they
‘are not available, the transmitting antenna selection may be made from
Table 6-~5, The code identifies appropriate antennas in.the data base,
Values of antenna gain are given for all antennas included in Table 6-5
except for the steerable parabola, which will be discussed later., Where
a steerable parabola is chosen, a steering subsystem must be added to
the block d1agram as shown in Figure 6-7, The values of ga1n given include -
assumed inflyence of polarization loss and off-axis loss at acquisition.

In the absence of better information, these values of gam can be used to
size the transmitter. For the omni antenna, two values of gain are given.
One value corresponds to the gain that will be exceeded over 87% of the
radiation sphere and the second value corre5ponds to the ‘gain that will be )
exceeded over 97% of the radiation sphere. In the absence of a require-
ment regarding coverage, use the average of the two values, i.e., -9 dB,

Where a separate receiving antenna is required and the type is
not specified, a selection may be made from Table 6-6.

6.3.2.4 Transmitter Power for Fixed Antennas

The power in dBW required from the transmitter is obtained from:

Pp = ERP-Gg (6-10),
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Table 6-5. Transmitting Antenna Selection

Satellite Farth
Orientation

Perigee Nonspin Stabilized Spin Stabilized Non-Earth Oriented

Altitede P P

Low Nadir coverage not required Omnit (11) Omni* (11)

(to 12,970 km) (7000 nmi) | 20d 1arge ground plane avail-
Monopole (GT = 2 dB) (51)
Nadir coverage required or
large ground plane not avail-
able, *#*
Broadbeam conical spiral :
(Gp=-1dB) {41)

Medium

(12,970 < 22, 240 km) Helix (G, = 10 dB) (31) Omni* (11) Ommni*  (11)

{> 7000 to<12, 000 nmi)

High

(22,240 lkim to synchronous)
{12, 000 nmi)

Parabola (GT = 15 dB) {01}

biconical (21}
{GT =2 dB)

Data Rate »10 kbps
Steerable Parabola

Data Rate< 10 kbps
Omni%* (11)

* GT =-5 dB {87%)
==13 dB {95%)

Heat

Large ground plane must extend at

least 5 A in all directions.
A = 984 feet, £ in MHz

i




Table 6-6. Separate Receiving Antenna Selection

-

Satellite Orientation

Earth -

Nonspin Stabilized

Spin Stabilized

Non-Earth Oriented

Nadir coverage not required
and large ground plane

available.* Monopole (51)

Nadir coverage required or
large ground plane not
available, * Broadbeam
conical spiral. (41)

Omni {11)

Omni (11)

Omni (11)

Omni (11)

*Liarge ground plane must extend at least 5\ in all directions.

A= 2?—4 feet, fin MHz

STEERING
SUBSYSTEM

r——; —_? - . ]
| TRANSMITTER e oom cme s em o
-

I
|
!
I
!
.

Figure 6-7. Antenna Steering Subsystem
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GT = antenna gain in dB

The transmitter power in watts (PW) can be obtained from:
. . P
P = antilog T {6-11)

w ™

6.3.2.5 Transmitter Rwer for Steerable Parabola

In the absence of performance requirements for the steerable.
parabola, a tradeoff between antenna gain and transmitter power is appro-

priate., The gain of the parabolic antenna in dB is given by:

Gp =-20logD+20logf - 52.6 (6-12)

where
D is the diameter of the parabola in feet
f is the frequency in MHz

If f is unknown, use 2250 MHz.

Usihg the relati‘onship:

Pp = ERP- Gjand (6~13)
PT
PW = a.ntllog—m—- , . {6-14)

satisfactory combinations of transmitter power-an:d antenna diameter may

be obtained.

6.3.2.6 Transmitter Selectioh

The p‘ower output from the transmitter selected must equal or
exceed the value of power required which was previously calculated. If the
calculated transmitter power rec‘luirement exceeds .20 watts, a steerable
parabolic antenna should be considered in order to reduce the required
transmitter power.

For unified links, the transmitter must be capable of servicing
a ranging code, usually PRN, and the input subcarrier freque_ncy or fre-

guencies from the selected baseband assembiy unit.
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For separate downlinks, the transmitter input data rate capa-
bility must equal or exceed the mission data rate from the data processing
subsystem.

The transmitter frequency must comply with requirements.

In a:ddition,' the transmitter must be compatible with each of
the following that are specified:

a. Modulation type ]
b. SGLS range and range rate compatibility

c. USB range and range rate compatibility

6.3.2.7 Receiver Selection )

The receiver must be compatible with:

a. Operating frequency (if unspecified, assume S-band,
1750-1850 MHz) :
b. Command rate (if unspecified, assume 1000 baud for a

ternary system or 1000 bps for a binary sysiem)

Further, the receiver must be compatible with each of the follow-
ing that are specified:
a. SGLS range and range rate
b. USB range and range rate
C. Modulation type (of transmitted signal)
The general description of the commangd output should be noted

from the data base for use in command signal conditioner selection.

6.3.2.8 Command Signal Conditioner Selection

The general description of the input (e.g., ternary FSK: 65,
76, 95 kHz) must be the same as the general description of the command out-
put from the command receiver selected from the data base. Also, the
command rate capability of the unit must equal or exceed the command

rate requirement.
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6.3.2.9 Diplexer Selection

The diplexer must be compatible with the receive (uplink) fre-
quency and the transmit (downlink) frequency. Further, the transmit
power rating of the diplexer must equal or exceed the power outpit from

the transmitter which was .selected from the data -base.

6.3.2.10 Harness
A harness is necessary as a part of the communication subsystem,

The harness weight is estimated in the ve:hicle sizing model,

6.3.3 Design Logic
The sequence followed in implementing the design élgorithm

is as follows. The components are selected on the basis of the parameters

listed: ‘
-a. If unified link, select baseband assembly unit.
1., SGLS/USB compatibility
2. Number of input bit streams
3. Bit rate of each stream

b. Compute the required effective radiated power (ERP)

C. Select antenna(s). )
1. Vehicle stabilization {spin vergus nonspin)
2. Vehicle orientation (earth versus ;lon-.earth)
3. . Orbit altitude ) .
4, Nadir coverage requirement
d. Compute required transmitter power.‘ 1f the power exceeds

20 watts, change to a steerable parabolic antenna and recom-
pute the required transmitter power.

e. Select transmitter(s).
1, SGLS/USB compatibility
2. Range and range rate compatibility
- 3. Meodulation type
4. . Transmitter frequency
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5. Input data rate for a separate downlink

6. Raﬁging code and input subcarrier frequencies for
unified link
7. Transmitter power requirement.

‘Select receiver. .

. 1. SGLS/USB compatibility

2. Range and rate compatibilj.ty-

3. | Modulation type, (o.f_transmitted signal)
4, Operating frequency

5. Command rate

- Select command ‘signal-conditioner.

1. Command input

2,  Command rate

For common antenna, select diplexer.

1. Received frequencies
2.. Transmit frequencies
3. Transmitter power requirement
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ADDENDUM

For the convenierice of the reader, the following informa.t.ion has
been excerpted from Reference 6-1, Air Force Satellite Control Facility
Space/Ground Interface, Report No. TOR-0059{6110-01)-3, Reissue B,
The Aerospace Corporation, pp. 4-1.2 - 4-1,5 (25 September 1972) (U).

A-1 SGI.S Modulation Loss (Service/Total Power Ratio)

The term "modulation loss' has been used to express the ratio of
the power in a particular service to the total power in the RF link. Thus,
in SGLS downlink transmissions on Carrier I, the Carrier I power includes
a phase modulated PRN ranging signal,. a 1.024 MHz subcarriéranda 1.7
MHz subcarrier spectral components. The fraction of the total power in the
unmodulated carrier which is transferred to the spectral components of a
particular service is a function of the modulation index (angle deviation} of
that service and the modula.t.ion indices of all other services being supported.
The residual power in thé carrier is a function of the samé fac-tors.‘

The developers of the SGLS systeﬁ provided-theoretical equations
for calculating modulation losses for the several services included in the
SGLS baseband. These are given and their usage explained in the following
paragraphs, -

In the following formulas, Pl is the modulation ihdex of the 1.024
sub-carrier and B2 is the modulation index of the 1.7 subcarrier and, Y is
the PRN modulation index.

A-1.1 Services - PRN Ranging and One Subcarrier on Carrier I

PRN Ranging Mod. Loss (db) = 10 log% J’o2 {Bsubcarrier) sinz (Y)]

TLM M"od. Loss (db) = 10 log [_ZJT (P subcarrier) c:os2 (y}]

Carrier Mod., Loss (db) = 10 10g-[.]'02 (B subcaz_rrier) cosz (Y)]
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_A-1.2 - Services - PRN Ranging with Two Subcarriérs on Carrier I

PRN Ranging Mod. Loss(db)= 10 log['fz 762 (@) Jo* (2) sin” (Y)}
Subcarrier (1.024) Mod. Loss (db) = 10 log [zﬁ 1) To? (g2) cos? m]‘
Subcarrier (1.7) Mod., Loss (db) = 10 log [sz (82) Jo (BL) cos” (y)]

Carrier Mod. Loss (db) = 10 log [Jé)z'(ﬁl) .]'oz .([32). c:os2 (Y)]

A-1.3 Sample Calculation

A spacecraft is radiating a Carrier I signal containing 2 PRN rang
ing signal with a . modulation index of 0.1, with a 1, 024 MHz subcarrier and

a 1.7 MHz subcarrier with indices of 1.65 and 1, 8, respectively.

1}

Carrier Mod. Loss (db) = 10 log [.]'02 (1.65) To® (1. 8) cos’-(0. 1-)]

-7.40 - 9,37 - 0.04 = -16,81 db

tl

PRN Ranging Mod. Loss (db) = 10 log [—é— JoZ (1.65) Jo? (1.8) sin (0. 1)]

T2
-0.09 - 7,40 - 9,37 - 20.01 =-36,87 db

Telemetry (1. 024 MHz. subcarrier) Mod. Loss (db)
2 0. 1)]

10 log [sz (1. 65) JoZ (1.8) cos

-1.81 ~'9.37 - 0.04 = -11, 22 db
Telemetry (1.7 MHz subcarrier) Mod., Loss (db)

10 log [ZJf (1. 8) Jo (1. 65) cos (0. 1)]
~1.70 - 7.40 - 0.04 = -9, 14 db

A-2 System Noise Temperature

The SGLS system noise temperatures givén below are referenced
to the ground antenna aperture,

14-foot antenna: 395°K

60-foot antenna: 41 6°K

46 -foot antenna: 220°K
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A3 Ground Antenna Gains

The. gain values of Table A-1 are to be used for the ground antennas
operating at the SGLS uplink frequencies of 1750-1850 MHz and the downlink
frequencies of 2200-2300 MHz.

Table A-1. Antenna Gains to be Used in SGLS Link-Calculations

Gain-db
Antenna U_plinkz" Downlink*"‘
14-foot .. < 31.5 db 33.5 db
60-foot 43,7 db 49.0 db
46 -foot 45,0 db 47.5 db
A-4 SGLS PCM Bit Error Rate Degradation Due to Hardware

The SGLS hardware mechanization function involved in demodula-~
tion and bit synchronization results in increasing the values of SNR for a
given BER above the theoretical value. This increase is a function of both

the SGLS carrier and subcarrier as well as the PCM bit rate under consid-

eration.

q‘Referenced to the command transmitter output. The feed and transmission
line losses are included. '

+

""Referenced to the antenna aperture. The feed loss 'or transmission line
loss from the feed to the Paramp input are not included, but are accounted
for in the system noise temperatures,

6-22



Table A-2. Bit Error Rate Degradation Due to Hardware

. . Degracdation - db
Bit Rate bps 1,024 MHz 1.7 MHz=z i
: Subcarrier | Subcarrier Carrier I1
32K 4.4 2.4 -
64K 4.6 © 2.4 .
128K 5.5 2.5 4.0
256K - 3.3 3.9
512K - - 3.3
768K . - - 3.3
1024K - T 4.1
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7. ELECTRICAL POWER SUBSYSTEM

7.1 GENERAL

7.1.1 Subsystem Functional Description

The electrical power subsystem (EPS) performs the following

functions:
a, Primary electrical power source
b. Energy storage and secondary power capa'bility
C. Power conversion and conditioning ’
d. Power distribution, control, and protection

For the purposes of the Systems Cost/Performance Model,
the electrical power subsystem will be divided into three elements:
&. Electrical Power Sources - The clectrical power sources

element of the subsystem will provide the electrical power
generation and storage of electrical energy.

b. Electrical Power Conditioning -~ The electrical power condition-
ing element will provide the control over the electrical energy to
ensure that it is regulated as to voltage, amperage, and frequency,
and provides rectification where required. Included in this
element are the assemblies for maintaining and controlling
battery charging; however, the actual power source is not included.

c. Electrical Power Distribution - The electrical power distribution
element of the subsystem provides the hardware interconnections
between the electrical sources, conditioning equipment and the
using subsystems and/or assemblies. This element includes the
harness, the junction and breakout boxes, as well as power
switching.

The first two elements, sources and conditioning, will be
modeled in detail, The third element, distribution, has been incorporated as

a part of the vehicle sizing model described in Section 9.



7.1.2 Subsystem Configurations

Two configuration models have been developed for electrical

POWET Sources;

a. Body mounted solar arrays

b. Oriented paddle mounted solar arrays

Electrical power conditioning consists of three basic configura-

a. Shunt voltage regulation
b.  Shunt and discharge voltage regulation

ci Series load regulation

Considering all combinations of configurations, the electrical
power subsystem model includes six configurations. KEach of the basic

five configurations is described briefly in the following sections.

7.1.2.1 Electrical Power Source JConfigurations

The electrical power source configurations require both solar
arrays and batteries, The solar cell array is tI:;e primary power source
for the 'spacecraft and is essentially a photovoltaic device which converts
solar energy directly into electrical energy when exposed to sunlight.

The solar array must generate sufficient power to satisfy most of.the
electrical power requirements and is supplemented by batteries which
supply electrical power during eclipse periods when the array is not
illuminated by the sun. Spacecraft batteries are charged using solar
array power during sunlight periods, but they also deliver energy to
spacecrait loads during peak load demands when solar array power output

is insufficient to supply load demand.

7.1.2.2 Shunt Voltage Regulation Configuration

The shunt voltage regulation configuration is depicted in

Figure 7-1, During daylight, the solar array generates power for the

-
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vehicle loads as well as recharging batteries. The solar array is split

so that a portion is shunted by transistor switches that dissipate excess
energy and limit the bus voltage to 31.8 +0.2V.. The charge control unit
provides several command and control functions for rapid charge, trickle
charge, reconditioning and battery disconnect. After an eclipse, the charge
control will connect the battery directly to fhe primary powgi‘ bus until

its temperature indicates full charge. The charge rate then drops to a
trickle until the battery texnperatt:lre reduces sufficiently to cycle back to
full rate, thus maintaining full charge.

During eclipse oi)era.tion, the battery will support the primary
power bus through the diode until the discharge current reaches a preset
value, at which time the charge control bypasses the diode to eliminate
the voltage drop. The bus voltage will be that of the‘battery and can drop
to 25.3 volts. If the bus voltage drops below 24,75 volts, the undervoltage
sensor will command off several nonessential loads to reduce the drain on
the battery. This is a relatively simple EPS with a minimum of ground

command or vehicle attitude control requirements,

7.1.2,3 Shunt and Discharge Voltage Regulation Cdnfigura.tion

The shunt and discharge voltage regulation configuration is
depicted in Figure 7-2. In this configuration, the bus voltage is limited
to a small variation by means of a shunt regulator and a boost-discharge
regulator' which are controlled by the central control unit (CCU). An
essential feature of the CCU is to separate the operating ranges of the
shunt, charge, and discharge regulators té avoid simultaneous operation
and maximize the efficiency of solar array usage. For example, during
the approach of an eclipse the CCU, sensing a falling bus volta.:ge, turns
on the boost-discharge regulator. At the end .of the eclipse, as the solar
array begins to share the bus load, the discharge regulator will begin

to turn off. When the solar array can'flizlli; supply the load power, the
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discharge regulator is turned completely off and the charge regulator is
turned on. The CCU ke“eps the shunt regulator off until the battery has
been fully charged or until the maximum charge rate has been reached.

The buck-charge regulator reduces the voltage applied to the
battery to a value that will maintain.the desired charge rate. The regulator
senges various battery parameters and adjusts the charge rate to restore
the battery to full capacity. ‘

At the end of-charge or when the array power is in excess of
its normal needs, the bus voltage. will begin to rise. The CCU will then
_turn on the shunt regulator which will apply po'wer resistors to thermally

dissipate the excess power and lower the bus voltage .

7.1.2.4 Series Load Regulation Configuration

The series load régulation configuration is depicted in Figure 7-3.
During sunlight, the solar array generates power for the unregulated bus to
charge the batte ry and supply the regulated bus loads through the load
regulator. .The unregulated sclar array voltage will vary from 26 to 80
volts. The charge regula.tor reduces the unregulated bus to provide a
temperature modified constant- current constant-voltage characteristic.
Charge rate reduction or termination is initiated by a third electrode
signal or amp-hour meter.

The load regulator is a buck-boost switching type that closely
controls the varying input into a 28 volt = 2 percent output as required by
the vehicle and experiment loads.

During eclipse operation, the solar array voltage will drop until
the battery diode is forward biased and the battery will supply the un-
regulated bus to support the vehicle loads. The load regulator will

continue to control the load voltage.

7.1.3 Configuration Compatibility

Not all of the electrical power subsystem configurations are

suited to every particular spacecraft design.
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Table 7-1 summarizes the limitations. In particular, oriented paddle-
mounted solar arrays are unsuited for a spinning vehicle. Likewise, an
unregulated electrical power system is not well suited for spacecrait
~equipment requiring tight vc;ltagé regulation. .In the latter. case, the shunt
voltage regulation' cor;figuration will be designed; however, any equipment
selected as pa.rt‘cif the spacecraft design and which requires tighter volffa.ge

regulation will be properly pointed out in the design description.

7.1.4 " Equipment Types

* The complete list of.equipment types from which the subsystem

components will be selected is provided Below:

a. Solar arrays

b. Batteries

c. Battery charge regulators

d. DBattery discharge regulators
e. Series load regulators

f.  Shunt regulators

g Control assemblies

The control assemblies provide selection or interconnection of

EPS components -and are designated by any of the following names:

Central control unit

Solar power distributer

a

b

c. Power distributer
d. Power control unit’
e

. Command switching unit

7.2 INPUT DATA

The information required from the user to design the electrical
power subsystem is identified in Table 7-2. This table indicates which
data are used and what representative values are used in the event the.

data are not supplied.
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Table 7-1. Electrical Power Configuration Cc;mpatibility

Vehicle Orientation Voltage Requirements
Configuration N N
Spinning Nonspinning Unregulated JRe gula.tec{
Solar Arrays
Body Mounted Yes Yes
Oriented Paddles No Yes
Voltage Regulation
Shunt Yes No
Shunt and Discharge Yes Yes
Series Yes Yes
Liegend
Yes - Compatible
No =~ Incompatible




Table 7-2. Input Data Supplied by User

Symbol Name ‘Representative Value

P Mission equipment power require-~ 200
ME
ment (watts)

TB ‘Ba.ttery temperature (deg C) 15

In addition to the user supplied data, the following information
is required from the equipment data base for every component selected

as part of the spacecraft design:

a. Average power requirement
b. Minimum power requirement.

c., Voltage regulation requirement
The reliability model must supply the following information:

a. Number of batteries in parallel

“b. Number of series load regulators in parallel

The stabilization and control subsystem model must indicate

Whether the spacecraft main body is spinning or nonspinning, and the

vehicle sizing model must indicate the vehicle shape,

7.3 ELECTRICAL POWER SOURCE CONFIGURATIONS

There are two electrical power source configurations:
a. Body+snounted solar arrays

b.  Oriented-paddle mounted solar arrays

These two configurations are discussed together in one section simply
because of the similarity in the design equations and logic. The only
difference in the design approach is that the array orientation factor, i o
and weight fa,ctorf W’ differ numerlcally for the two conﬁguratmns.

Other than this, the two design approaches are identical.
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7.3.1 Functicnal Description

The electrical power socurce configuration components per-

form the following functions:

a. Solar Array. The solar cell array is the primary power
source for the spacecraft and is essentially a photovoltaic
device which converts solar energy directly into electrical
energy when exposed to sunlight. The solar array must
generate sufficient power to satisfy all of the electrical
rower demand plus sufficient energy to charge batteries
which supply electrical power during periods when the array
is not illuminated by the sun.

b, Batteries. Spacecraft batteries are charged using solar
axrray power during sunlight periods. They deliver energy
to spacecraft loads during eclipses when solar array ocutput
is zero and during peak load demands during sunlight when
solar array power output is sufficient to supply load demand.

7.3.2 Design Equations

7.3.2.1 Solar Arrays

A solar array will consist of a number of parallel-connected
strings of series-connected solar cells. The cells are covered with glass
sheets to minimize charged particle degradation. The cells may be bonded
to metallic or plastic substrates. Array-construction includes either de-
signs in which cells are attached to spacecraft structure or cells are attached
to flat panels which are deployed in orbit. The equations and design algor-
ithm discussed in tl:.te remaining part of this section are applicable to all
of the most common array designs. The algorithm does not account for
the weights of solar array deploymeﬁt mechanisms and stowage structure.

Solar array sizing requires the successive evaluation of the

following equations:

P T
L E 1 .
P, = -
5 Mg T (“D“C“E) el
P
_ S
& STy Ty (-2
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where

and where

and where

Fg =g p [(I-AR) (1-65) (1-47) (1-28) (1- AM)] (7-3)

w

Pg

P

A

L

NG

n

=AF

w (7-4)

End-of-mission average array power output
Average load power, watts

Sum of the average power for all user and house-
keeping subsystems (e.g., S&C, APS, CDFI,
thermal control and mission equipment.) It is
assumed that the array average power ‘will be
supplemented by battery power in order to meet
peak power transients or low duty cycle demands.

- Power distribution loss. factor {array to loads)

Harness efficiency x load regulator efficiency
{(where applicable)

98% x 85% (defaulﬁ values in place of actual design
value)

Discharge regulator efﬁciency'

85% {default value)

Charge regulator éfficiency'

98% for the unregulated bus configuration

85% for the regulated bus configuration

Average solar intensity (1353 W/mz)l
Battery watt-hr cha;rgé efficiency (0. 65)
Battery amp—hr- charge efficiency (0. 75)
Eclipse period (hr)

Sunlight period (hr)

Solar cell efficiency, af 28°C, AMO illumination
0. 105)
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Y =  Solar array packing fla,ctdr (0.9)

P. -
A‘R = Radiation degradation factor (0.2)
A =  GCoverglass and coverglass adhesive transmissivity
F ;
. loss factor (0. 03)
A - =  Temperature adjustment factor (dimensionless)
AI‘ = Array fab;:'ication loss factor (0, 02)
AM = Misc. loss factor (0.01)
Y G =  Array orientation factor
= 1 for sun oriented flat panels
= 1/ for spinning oriented cylinders .
= 2/m for non- spinning oriented cylinders
FW o= Array we1ght factor
: = 7.3 kg/m (1.5 lb/ft ) for deployed panels
= 3,4 kg/m (0.7 lb/ft ) for body mounted arrays.
FS = Array siging factor (dimensionless)
VDB = -Average battery dischérge ‘voltage‘
A =  Array area (mz).
' WA. - .=  Array weight (kg)

The energy balance equation [Eq (7- 1)] is based on the re-~
quirement that during sunlight portion of the orbit the solar array must
supply sufficient energy to satisfy spacecraft 16ad requiréments and to
recharge the battery which supplies the loads during the eclipse period.

~ For sizing purposes the worst case echpse should be selected,
i.e., maximum value of T /TS ratio. The max1mum ratm between T
and TS as a function of altitude for circular’ earth orbits is computed as

follows:
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X -1 h
Se= 102 sin e (7-5)
100 he +hp '
where Se = Angular size of Earth's shadow (radians)
) he = Earth radius (km)
h = Orbit perigee {km)
P
and where
102 is due to the atmosphere
100
T S
= -6
s e

The sizing factor, FS, accounts for array geometry and various
array performance degradation factors. Temperature factors (& T) which
are required as input were estimated for: (a) spinning body-mounted
arrays, (b) oriented flat panels of conventional construction, and ({c) light-
weight sun-oriented flat panels. Values for AT are presented in Table 7-3

. for low earth and synchronous orbits. As a first approximation, the array
temperature fa,ctors for 12-hour eliptical orbits can be assumed to be

approximately equa.l to the corresponding synchronous orbit cases.

The value of the radiation factor depends on the coverglass
thickness and the magnitude of the charged particle radiation influence that
the array receives._ For synchronous orbits,A, will vary between approxi-
mately 0.2 and 0.3 for 7 and 15-year missions, respectively. For low -
earth orbits (< 780-km altitude), A R 18 approximately 0.03 for one-year
missions and approximately 0. 05 for three-year missions. (Ref 7-1),

The factor Ap will vary from 0.25 to 0. 35 for 12-hr e11pt1cal orbits for
three and five-year missions, respectively. A first order approximation
of AR can be obtained for each type of orbit by assuming a linear variation

within the mission duration ranges discussed above.
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Table 7-3. Typical Solar Array Temperature
Correction Factors (A.I‘.)’*<

| Low-Earth Orbits Synchronous Orbits
Array Type
102 .cm 282 -cm 1082 -cm 28 -cm
Body mounted 0. 02 0.01 -0, 06 -0.05"
spinning
Body mounted
I 0.06 0.04 0.03 0,02
nonspinning
Oriented panels
{conventional 0.13 0.11 0.-10 0.08
. construction)
Oriented Panels
(lightweight 0.17 0.15 0.13 0,11
construction)
* The model assumes a. standard solar cell resistivity of 100Q - cm,

7.3.2.2 Batteries

A battery assembly consists of multiple cells connected in
series. One or more batteries may be required depending on the required
battery capacity as well as thermal and reliability considerations. NiCd
type batteries were selected as the reference battery type for this model
and are commonly used for spacecraft power systems. -One important
factor affecting the life of this type of battery is temperature. High
temperature accelerates performance de grada:tion so that spacecraft
thermal control systems are designed typically to maintain the batteries

within an operating range of from 277 to 300°K,
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The equations required to size and select the batteries are

as follows:

a. Required Capacity

T
CR = _.X__L__E.:._ (7-7)
p "p
CA = CR/VD.B {7-8)
where Vpg = Average battery discharge voltage

= 27 V dc for configurations not using
discharge regulators

‘= 21V dc.for conﬁguratlons using discharge
regulators.

b. Minimum Installed Capacity

I A TFD

c. Number of Cells in Series

C = C, R (7-9)

NC = VBM/V_'C (?-_ 10)
where VBM = 25V dc,‘ shunt voltage regulation
= 19 V dc, shunt and dxscharge volta.ge
regulation
= 23 V de, series load regula,tmn
d. Unit Battery Welght and Volume
WB = Kz NC WC 11 (7-11}
Vg = K) Ne Veon (7-12)
e. Total Battery Weight, Volume,- and Capacity
Woar = _NBT WB- (7-13)
Var = Ner Vs (7-14)
Cr =  MNarCcen (7-15)
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and where

2

- 2

'<2 <

aQ O O O
>

T =

BT

oy
=

vyl

03]
=

ell

Average depth of discharge (a.t end of discharge)
0.5 (N5 /Ny

Battery packing factor (1.02)

Battery structure weight factor (1.40)
Mazximum depth of discharge (0.70)

Minimum allowable cell voltage (1.10 V dc)
Battery temperature degra;iation factor (1.20)
Minimum allowable battery voltage (V dc)

Minimum number of batteries required in parallel
based on the required capacity (dixnensionless)

Total number of batteries required in parallel
{dimensionless)

Capacity required at end of mission {amp-hr)
Minimum re‘quired .capacity (amp-hr)

Minimum installed battery capacity required {amp-hr)
Capacity of selected celié (amp-hr)

Number of cells in series

Unit batte;ry volume (m3)

Total battery weight (kg)

Unit battery weight (kg)

Total battery volume (m3)

3, .
Volume of each cell (m )

* As a first approximation R is assumed to be independent of depth of dis-
charge and the number of charge/chscha.rge cycles, It can also be assumed
to vary linearly from 1 to 1. 30 in the temperature range from 0 to 30 °c.
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LT Weight of each cell (kg)

Cr

- This set of equations requires that the total number of batteries,

Total actual installed capacity (amp-hr)

NBT’ be computed by the reliability modetl and input to the electrical power
model. In general, the number of batteries is dependent on the required
capacity and the battery depth of discharge. Depending on the EP confi gura-
tion and the battery capacity required, the initial numbeT of batteries is

selected by the EP subsystem described in Table 7-4..

Table 7-4. -Number of Batteries Based on
Total Capacity Requirement ’

Required Capacity, CR {watts) Number of
Batterieg,
Shunt or Shunt and NB
Series Voltage | Discharge Voltage o
Regulation Regulation.
< 2300 . < 1827 B 2
2300 - 4700 | 1827 - 3654 4
4700 - 7050 3654 ~ 5481 6
ST050 - 9400 5481 - 7308 . ’ 8
9400 -~ 11750 7308 - 9135 10
> 11750 > 9135 ' 12.

Next a reliability value is computed based on ;\D = 0.50 and no 'failures
allowable in the batteries during the mission. This result is then compared
with the required value. If the required value is exceeded, the algorithm
BT = NB. If not, an additional battery is added and the
calculations are repeated with ?\.b = 0,50 (NB/NBT). " This procedure is

determines that N
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repealed until a value of N is found such that the reliability requireme

is met or exc_eeded“[whereB?.xI‘D = 0. 50 (NB/NBT)]' This appr.dach was
selected because it tends to minimize the nmunber of iterations required {
reach a solution and because it is compatlble with ava.llable statistical
models. It is conservative, since in reality, the mast common type of ¢
failure {i.e., an electrical short circuit) does not result in a total loss o
usable battery capacity, as assumed in the model. '
Physical characteristics of commercially available cells are
entered in the equipment data base. Cell volume and weight is obtained
using-the data in the equipment data base and a '"look-up'' procedure. Siz
only discrete values are given in the data base, the cell having the next

highest capacity rating than that actually required is selected.

1.3.3 Design Logic

The flow logic or sequence that the design algorithm must

follow is:

a. Input data.

b. Solve the energy balance equation for average array power
output at end-of-mission.

c. Compute the sizing factor which is a function of the array
orientation and various degradation factors.

d. Compute the required solar array area and weight.

e. Compute the required minimum installed battery capacity.

f. © Determine number of cells in series..

g. Select battery cells from the data base based on the number

~of parallel batteries being equal to two.

h. Compute unit and total battery weight, volume, and capacity
based on the total number of batteries as indicated by the
reliability model, .

7.4 SHUNT VOLTAGE REGULATION CONFIGURATION

7.4.1 Functional Description

The shunt voltage regulation configuration components per-

form the following functions:
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a. Power Control Unit (PCU). This assembly contains the bus |
voltage sensor for the shunt regulators and the sw1tch1ng
controls. for battery charging and recondltlomng and non-
essential load removal. A The bus voltage sensor can turn on |
the shunt regulators to load the solar : array and limit the array
output voltage. . The PCU also contains a dec’hca.ted charger for
each battery, with capability to receive ground commands or
operate autonomously. In addition, the charger can disconnect
the battery from the bus and apply a reconditioning res:.stor to
d1scharge it at a-low rate. .

During eclipse, the battery will discharge through the diode,

" until the:current exceeds a set limit that closes the relay contacts
and-bypasses the dicde. If the primary bus voltage drops below

, 24,75 volts, the undervoltage sensor removes the nonessentla.l
loads to reduce the drain on the hattery.

b. Battery Charger, The charger is made up of a relay contact
between the array bus and battery which is paralieled by a
resistor and a diode. The relay contacts are closed for full
charge, andthrough the resistor after the battery temperature
indicates full charge and when the relay contacts are open.

c. ‘Shunt Re gulator, The unit.is a variable conduc:tlvu.ty transistor
circuit that shunts a section of the solar array to absorb excess
.energy and lower its output voltage. When the main bus voltage
increases beyond 31. 8 volts, 'the PCU senses the rise and turns
on & shunt regulator to bypass part of the array current., Since
the main bus voltage is the sum of the unshunted section plus the
shunted section, the additional shunt current reduces the main
~ bus voltage. The regulator operates primarily at the beginning
of life of the solar array or at low temperature, with no battery
charging and light payload use.

A block diagram of the shunt voltage regulation configuration was shown

in Figure 7-1.

7.4.2 Dé'sign Eguations

7.4.2.1 Battery Charge Regulator

For all configurations, the number of charge regulators is
equal to the number of batteries. This is needed to prevent overcharge
which reduces the battery life or could lead to destruction. ° The power

handled by the charger will vary throughout the charge cycle and is de-
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pendent upon the battery size, echpse and sunlight periods, and battery
recharge efficiency. The solar array powet allocated for cha,rg1ng (P )
is conditioned to provide a controlled current into the battery. A nommal
maximum value of charge current in amperes for hermetically sealed
NiCd batteries is C/2 where C is the capacity in amp-hours. The charg-
ing power (PC) is the sum of the charge power going into the battery (P

and the power dissipaged in each charger (P D) because of conversion
losses. )

cr’

For all EPS configurations, the di_stribution: loss factor (TIR)
from the array to the charger is the line efficiency and can be considered

as 100 percent. The following is.a summary of .charge regulator designa-
tions and algorithms:

= Number of batteries = Number of chargers (7-16}

PC = Portion of solar array power alloca.ted for
battery charging

P T

= = LB . 7-17)
" Ts Mplchg:
“T] R = distribution loss factor or line efficiency
~ 100 percent .
1 c = Charge regulator efficiency
a 100 percent
PCH = Charge power delivered to each battery
P
. glc B (7-18)
. B
_PL Ty
- N

\ LA
B Ts ﬂDnE
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P, = Power to be dissipated by each charger into thermal

. CD control system
P.(l - )
B
=§L$E( 1 )(1'_-”
Mg tg Mg T¢

To'determine the charge current delivered by the regulator, the following

equation can be used:

Ionu

Charge current delivered by regulator

It

(default value of —3) . (7-20)

7.4.2.2 Shunt Regulator

The equation for the shunt regulator is intimately related to the
design of the solar array. The equations provide the end-of-life array
power (PS). However, the array will be capable of delivering considerably
more power at the beginning-of-life and immediately after the eclipse
period when the array temperature is low. In order to limit the bus -voltage
under these initial conditions, shunt regulators are applied across the solar
array.

Shunt regulators are variable conductivity dissipators that bypass
a portion of the solar array current capability and’ reduce the array output
voltage. In effect, the shunt regulators shift the ope rating point on the curve
for array i’E” vs "'I" from high voltage-low current to lower voltage-higher
current. S1nce the load current cannot be varied, the shunt regulators
absorb the excess current through transistor circuitry. The sensor for
the regulator detects the array voltage and keeps the 'shunt OFF for 1ow
volta.ges. When the array voltage increases beyond a limit value, the
shunt turns ON gradually until it reaches a maximum value of shunt cur-

rent. Regulators are operated in parallel with their limit value set at-
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increasing array veltagés, so that they turn on in sequence for _increasiing
array voltage.

- The number of regulators is dependént upon the anticipatec
excess solar array power at begmmng of-hfe and the umt dissipating
capability. If the maximum array power is given as P A ahd the mini-
mum load power is P: then the number of shunt regulators needed is:

Select the next

L min’

i N _ Prax ~ Pr,.min larger integer for (7-21)
SR | Max Unit Power Capacity )any remainder
- }above 0.1
wheré: L
P . .p - ] Min Unit:
max L min Power Capacity
<720 watts "0 watts
720 - 1440 120
>1440 240
7.4.3" Design Legie

The sequence followed in implementing the de31gn algorithm
is as follows:
a. Compute the maximum charge current to be delivered by the

battery charge regula.tor based on the selected battery charge
capacity.

b. Select a charge regulator from the data base possessing or
exc‘eeding the maximum charge current rating..

" c. Set the number of- charge regulators equal to the number of
batteries. .

d. Select a shunt regulator from the data ba'—.se'ba.sed on the
anticipated excess solar array power at beginning-of-life
and the regulator dissipating capability.

e. Compute the number of shunt regulators required.

£, Call up configuration special hardware from the data base
which' is not differentiable, i.e., PCU.
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7.5.1

SHUNT AND.DISCHARGE VOLTAGE REGULATION
CONFIGURATION

Functiconal Description

The shunt and discharge voltage regulation configuration

components perform the following functions:

a.

Discharge Regulator, The battery voltage is boosted to the bus
level by means of the discharge regulator. This device uses a
transistor switching circuit to generate a variable voltage across
an inductor in series with the battery.

Battery Charger, The charge current is limited according to the
battery ambient temperature by reducing the bus voltage with a
pulse-width modulated regulator. The bus voltage is switched
across an.averaging filter, with the output voltage controlled by
varying the duty cycle of the transistor switch. When the battery
sensors indicate full charge, the regulator is turned off.

Shunt Regulator, The solar array characteristics vary with the
temperature, solar intensity and life of the solar cells. If the
load is insufficient to reduce the array voltage below a set level,
the shunt regulator applies a dissipative circuit that loads down
the bus to the set level. The regulator is made up of a sensor
to detect the bus voltage and tocontrol a variable conductivity
transistor circuit that shunts the array.

Central Control Unit (CCU). The CCU is the decision making
computer that senses the voltage of the regulated bus and sends
operational commands to the shunt, charge and discharge
regulators in order to optimize usage of the solar array and
maintain the bus voltage regulation.

A block diagram of the shunt and discharge voltage regulation configuration

was presented in Figure 7-2,

7.5.2

7.5.2.1

Design Equations

Battery Charge Regulator

The charge regulators to be discussed here are nearly identical

to the regulators discussed in Paragraph 7. 4.2.11. The only substantial
difference is a charge regulator efficiency, 'qc, of 85 percent. For

completeness, the equations will be repeated:
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Tn = Discharge regulator efficiency
~ 85 percent -
PDD = .Power dissipated by each discharge regulator
P .
L 1
—— —=— - 1) : ‘ (7-30)
Np "Tp
7.5.3 ° Design Logic

The sequence followed in implementing the design a.lgc;rithm

is as follows:

a. Compute the maximum charge current to be delivered by the
battery charge regulator based on the selected battery charge
capacity.

b. Select a charge regulator from the data base possegsing or
exceeding the maximum charge current rating.

c.  Set the number of charge regulators equal to the number of
batteries. .

d. Set the number of discharge regulators equal to the number

] of batteries.

e. Compute the power requirement to be dissipated by each dis-
charge regulator.

f. Select the discharge regulator from the data base possessing
or exceeding the power dissipation rating.

g Select a shunt regulator from the data base based on the an-
ticipated excess solar array power. at beginning-of-life and
the regulator dissipating capability. -

h. Calculate the number of shunt regulators required,
i. Call up configuration special hardware from the data base
which is not differentiable, i.e., central control unit.

7.6 SERIES LOAD REGULATION.CONFIGURATION

7.6.1 Functional Description

The series load regulation coﬁfiguration components perform
the following functions:
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a. Battery Charger, The charge regulator uses a pulse width
modulated switch to reduce the unregulated solar array bus to
a voltage that will limit the maximum charge rate to an acceptable
level., The charge continues until the battery temperature,
voltage, third electrode signal or amp-hour capacity indicate
recovery of energy discharged during the previous eclipse
period. The maximum charge rate may be reduced if the array
bus drops because of a high payload drain. )

b. Series Load Regulator. This unit is of the buck-hoost type
using semiconductor switching circuits to generate a voltage in
opposition or supporting the unregulated bus voltage. The magni=
tude and polarity of the buck-boost voltage is controlled by the
average regulated voltage. In addition, the regulator current
can be used as a control function to provide load sharing amongst
several parallel regulators.

c. Command Switching. This unit is coordinated with the ground
command capability of the entire velticle and is used for power
management of the EPS under varying conditions of load demand
or component failure over the anticipated life.

A block diagram of this series load regulation configuration was presented

in Figure 7-3.

7.6.2 Design Equations

7.6.2.1 Battery Charge Regulator

The charge regulators to be discussed here are nearly identical
to the regulators described in Paragraphs 7.4.2.1 and 7.5.2.1. The only
significant difference is the charge regulator efficiency, T ol equal to

85 percent.

7.6.2.2 Series Load Regulator

The load regulator is a series element that must regulate the

input power from the solar array or the battery. Using the energy balance

equation for the array, the input to the regulator is the power delivered
to the load (PL) modified by the distribution loss factor (T]R). In this
case, different from the previous components, the distribution loss or

line efficiency is the efficiency of the load regulator (1| Anocther

lLr)-
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difference is that the number of regulators is not related to any other

EPS component. “The number is dépéndent upon the average load power

(PL) and the unit handling ca:pacity.
* The following is a summary of load regulator designations and _

algorithms:

NR =

For P

P _

LR

LR

LRD

P

L ’ than two. If remainder is
unit handling greater than 0.2, select
capacity next larger integer.

< 1000 watts use unit capacity of 225 watts

> 1000 watts use unit capacity of 350 watts.

Total power input to load regulators
PL

TILR

Load regulator efficiency

90 percent _ .
Power dissipated by all load régulators

1
Pritqy— -1
Lolgp

Select an integer g"i;eater

(7-31)

{7-32)

k7—33)

(7-34)

Note that the peak power handling capacity is usually twice the average

given in the 'equipment data base.

7.6.3

Desipgn Logic

The sequence followed in implementing the design al’éorithrn

is as follows:

e

Compute the maximum charge current to be delivered by the

battery charge regulator based on the
_ capacity.

selected battery charge

Select a charge regulator ffom the data base possessing or
exceeding the maximum charge current rating, .

~-Set the number of charge regulators equal to the number of

" batteries.
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http:delivered.by

Select a series load regulator from the data base.

. 1. - For a total power load less than 1000 watts, use a unit

capacity of 225 watts.

. 2. For a total power load greater than 1000 watts, use a

unit capacity of 350 watts.

Select number of load regulators based on total power load
and unit-handling capacity. Select an integer number greater
than two. If remainder is greater than 0.2, select next larger
integer number,.

Call up configuration special hardware from the data -base which
is not differentiable:

1. Solar- power distributor

2. Power distributor
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8. THERMAL CONTROL SUBSYSTEM

8.1 GENERAL

A design algorithm for sizing the thermal control sub:syétem
(TCS) is herein presented. The algorithrh addresses only the basic "house-
keeping" subsystems and does not address any mission equipment thermal
control requiremezits. The approach taken in this model is to synthesize a
thermal control subsystem for potential spacecraft orbits and configurations
without quantitatively optimizing the subsystem, The approach is qualitative
in terms of the equipment used in the thermal control subsystem. Internal com-
ponent related effects were not modeled, Any perturbation in the 1:-herma1 con-

trol approach, however, will not significantly impact the overall spacecraft.

8.1.1 Subsystem Functional j)escription

The thermal control subsystem is designed to provide an
environment favorable to the operation of scientific instruments and
other equipment vital to the mission by limiting temperature variations
in that equipment. The onboard thermal environment is determined
by the magnitude and distribution of radiation inputs from the sun and
the planets, heat from internal sources (rockets, isotope heaters, and

nuclear power sources), and heat from spacecraft electrical operations.

The impact of these inputs is affected by the characteristics of the heat
transier paths within the spacecraft and the heat radiation characteristics
of its external surfaces. The common purpose of the thermal control
subsystem components is to modify the heat transfer to and from each
spacecraft element so that its temperature wil_l.remain within the allowable
range during the entire life of the mission. Temperature stability and
temperature gradients are also primary concerns in the design of the
thermal control subs ystem.



8.1.2

functions:

.

Component Functional Descriptions

-

The thermal control subsystem components perform the following.

Phase Change Material (Thermal Mass). Phase change materials

are those that can change from one physically distinct and mechani-
cally separable state to another distinct form such as from a
definite crystalline to a liquid state.. Phase change materials
used for temperature control are those whose melting point is
close to the desired temperature of 2 component. Then the latent
heat associated with the phase change provides a large thermal
inertia when the temperature of the attached component is pas sing
through the melting point. - However, the phase change material
cannot prevent a further temperature rise when all the miaterial

is melted. Phase change materials are used in electronic
component thermal control systems to enable cyclically operating
components to remain very nearly isothermal at all times, in -
thermal energy storage devices to store energy isothermally for
later release, and in space flight experiments to maintain thermal
stability. .

Insulation, Thermal insulation is designed to reduce the rate

of heat flow per unit area between two boundary surfaces at
specified temperatures. Insulation may be a single, homogeneous
material such as a low-thermal-conductivity foam or an evacuated,
multilayer, insulation system in which each layer acts in a low-
emittance radiation shield and is separated by low-conductance
spacers. Multilayer, evacuated insulations are widely used in
the thermal control of spacecraft and components to (1) minimize
heat flow to or from the component, (2) reduce the amplitude of
temperature fluctuations in components because of time-varying
external radiative heat fluxes, and (3} minimize the temperature
gradients in components caused by varying directions of incoming
external radiative heat.

Heaters. KElectrical heaters (resistance elements) are commonly

used to maintain component temperatures close to desired values.

The heater is typically part of a closed-loop system that includes
a temperature sensing element and an electronic temperature
controller. Electrical heaters are used in on-off control modes,
ground-controllable modes (including command models), or
simply in continuously on modes. '

Radiators. The external surfaces of a spacecraft radiatively

couple the spacecraft to space, the only heat sink available,

Because these surfaces are also exposed to external sources
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of energy, their radiative properties must be selected to achieve
the balance at the desired temperature between inte rnally~
disgipated and external sources of power and the heat rejected
to space. The two properties of primary importance are the emis-
sivity of the surface € and the solar absorptivity @ . Twd

or more coatings can be combined in an appropriate pattern

to obtain some-desired average surface values of ¢ and ¢, 2.8,
a checkerboard pattern of white paint and polished metal

Louvers, Louvers prow.de a sunple reliable method of active

ternperature control by varying the effective emittance of a

spacecraft radiator with temperature. The miost commonly
used conf1gura.t1on consists ofia series-of polished alumihum
blades arranged in venetian blind fachion over a high emittance
radiator. KEach blade is attached to a-shaft supported atthe ends
by bearings., A bimetallic spring attached to the shaft of each
blade varies the blade angle with temperature and changes the
expogure to space of the radiator surface. - Other mechanical
configurations and temperature actuators have been used.

Heat Pipes., In its basic form, a heat pipe is a ve_r‘s'r gimple, -

seli~-contained device. The walls of an enclosure are lined with

a 'wicking' material saturated with a "working fluid, " Heat is
then conducted from a source such as electronics through the
heat pipe walls and into the working fluid. The additional heat
causes the evaporation of working fluid which then travels by

the induced pressure gradient to a colder portion of the pipe.

The vapor carries with it the latent heat of vaporization which-

is released as the vapor condenges in a- colder portion of the pipe.
The heat is then conducted through the wall to a heat rejection
systém such as a radiator. Meanwhile, the condensed fluid is,
pumped back to the hot end by the capillary action of the Wi(:king
material to complete the cycle. In some applications, heat p:pes
exhibit an effective thermal conductivity that exceeds solid
copper by orders of magnitude. The heat pipe in this basic form
ig useful in 'isothermalizing' spacecraft structures such as
equipment shelves and telescope optical tabes by conducting
thermal energy efficiently from hotter to colder regions.

This basic heat pipe has a fixed, high conductance and must,
therefore, be designed for given heal source and sink conditions.
Deviation from these conditions results in the overcooling or
overheating of the heat source.. A heat p{pe, however,” that is
designed to vary its effective conductance in response to changing
conditions is the ''variable conductance heat plpe’ which can be
used to control the source at a near constant femperature.
Feedback éontrol provides greater sensitivity than that available
with standard vatiable conductance techniques. Heat pipes are
designed to provide heat transfer in one direction only (thermal
diode}. .
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8.2 INPUT DATA

The inputs for the thermal control algorithm are shown in
Table 8-1.

Table 8-1. Input Data Requirements”

:i:urt:e Name ) _ Reprg:gl:ative
User Agency (USAF or NASA) USAF
User Ozbit perigee (nmi) ) 500
User QOrbit a;:rogee' {nmi) ] 500
Usger Ozrbit inclination {rad) Para 8.2.1
Usger Orbit beta angle (rad} 0
User Orientation (solar or earth} Karth
Uger Spin axis orientation (required for Normal to sun

spinning vehicles) _
Usger Battery temperature {OC) . 15
58&C Configuration
Vs Vehicle shape

These inputs are used to calculate the thermal contrel subsystem com-
ponent description. The orbit perigee and apogee are used to determine
whether the spacecrait is in low earth orbit, near synchronous, orina
highly elliptical orbit. Inclination and beta angle are used to determine
eclipse conditions. Vehicle configuration, vehicle dimensions, and sta-
bilization and orientation information are necessary to determine a
characteristic dimension for heat pipe sizing, and to determine available
area for heat rejection. Also, stabilization and orientation information
is necessary to determine environmental heat loads,

Minimum and maximum power for each component selected

from the equipment base is required to determine heat rejection



requirements. Component temperature limits provided in the data base
will determine the wall<:n.=:.raJ::J.c:a‘ten'lpe'-..m—:i.tures for each particular subsystem.,
If component temperatures are not specified, the default temperatures
-17°C and +54°C will be used except that battery default temperatures are
+6° ana +32°C,

8.2.1 Orbit Inclination

The orbit inclination values provided herein ar;-} to be employed
when the user does not specify the vehicle inclination. It is assumed,
however, that the orbit apogee and perigee are specified. Also, an addi-
tional input of user agency (NASA or USAF) is required in order to make the
values more meaningful. Table 8-2 presents the repres'entative values.

Table 8~2. Representative Orbit.Inclination Values

Inclination
Altitude®
Radians . {Degrees)

Low 1.40 -(80)
ﬁ Intermediate 1,40 {80)
0]
2 Synchronous 0 {0}
< Low . 0.61 {35}
2 Inte rmediate 1.40 (80)
“ Synchronous .0 (0}

Table, 8-3 presents the distribution of orbital inclination for Air Force and
NASA launches hetween 1968 and 1973 inclusive. Based on the inclinations

shown in Table 8-3, the default values in ‘Table 8-2 were selected. The

" Low altitude denotes apogees less than-926 km {500 nmi).
Synchronous altitudes denote near synchronous with small eccentricity,
and altitudes greater than synchronous.
Intermediate altitude denotes altitudes below low and synchronous,
including highly eccen’cnc orbits. '
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9-8

Orbit Inclination Distribution

Table 8-3,.
Inclination ) i ) ‘
) (deg) 0-0.16 0.17-0, 34 }0. 35-0. 51 |0, 52-0. 69 |0, 70-0. 86 |0. 87-1. 04 [1. 05-1, 21 [1.22-1,3911, 40-1. 56 |1, 57-1.74 |L.75-1. 91 |L.92-2,08
Altitude {0=9) (10-19} | (20-29) (30-39) {40-49) (50-59) | (60-69) {70-79 (80-89) 1 (90-99) | (100-109} | (110-119)
Low 1 5 7 24 20 10 15
w f
<z Intermediate 2 1 2 4 13 4
3
Synchronous
Or Greater 13 1 I 6
Low 1 i 18 6 1
% | Intermediate 2 1 3 3 5 1
E
Synchronous 3 1
Or Greater

400d a0
IVNIDTHG

ALITvnd
SI @Hvg




maximum possible default value was assumed to be 1,57 rad {90 deg).
Consequently, orbits with inclinations such as 1.92 rad (110 deg) to 2.0 rad
{119 deg) were assumed to be the same as those with inclinations of

1.05 rad (60 deg) to 1.20 rad (69 deg).

8.3 DESIGN EQUATIONS

Tables 8-4 and 8-5 show preliminary calculations and inputs
of constant values for the program. A vehicle characteristic dimension
is determined based on, the spacecraft geofnetry and size. This character-
istic dimension should be in meters. The other program inputs are in
engineering units. Cozisequenily; a conversion must be made at the end
of the algorithm in order to obtain the current metric dimensions.

The spacecraft orbit, orientation, stabilization, etc.,, are used’
to select the thermal control components., The approach used in the
algorithm is to group the various spacecraft into low earth, synchronous,
and intermediate altitude orbits, The spacecraft are further classified
as to their orientation (earth, solar, inertial, etc.) and as to their stabil-
ization approach (three-axis, dual spin, etc.). Orbit inclination and
eclipse conditions are also considered. Once the classification has been
completed, the appropriate equations are used to size the compénents._

: Thermal control of batteries is handled slightly differently
from the rest of the spacecraft subsystems. The equations for battéry
thermal control are presented at the end of Section 8, 3.

All the sizing equations are in engineering units, except for

the heat pipe equations. The conversion factors necessary to characterize

the thermal control subsystem in metric units are given in Table 8-6.



Table 8-4. Vehicle Configuration Characteristic Length

Configuration Cha,ra.c;teristic Length

Rectangular . Middle length of vehicle's three
o dimensions

Cylindrical 0.75 of the axial.length

Spherical T times the sphere radius
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Table 8-5.

Internally Stored Data

Symbol Description ( stljjg:) Units’
max Maximum internal power dissipation (data base) Btu/hr
min Minimum internal power dissipation (data, base) Btu/hr

o Stefan-Boltzmann constant 0.1714 x 1078 Btu/hr—ft2 - R4

A Radiator area ftz

Q Solar constant ) - 442 ° Btu/hr -ft°

Emiss. Earth emission 60 ' Bi:u/hcr-ft2

Alb. Albedo of earth 155 Btu/hr-ftz

K Factor 1.0 N. D,

T max Maximum temperature (data base) Rankine (R)

T min Minimum temperature (data base) Rankine (R)

@/e Conventional radiator absorptivity/ 0.30/0.75 '
emissivity '

@ /e OSR radiator absorptivity/emissivity 0. (?8/0; 73

L Characteristic length (data base) Meters




Table 8~6°

Metric Conversion Factors

To convert Into Multiply by
Btu/hr watts 0. 2‘;31
sq ft sq m 0.0929

°F °c C = (F -32)/1.8
R F F= ﬁ.~460
1b kg 0.454
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8.3.1 Orbits of Synchronous Altitude ‘or Greater

8.3,1.1 Solar Inertially Oriented Vehicle

a. Spinning Vehicle

i, Spin Axis Pointed Toward Sun

anax

E
o e T rdax

Conventional Radiator Arez =

4
H_Ieater Power =1,25 Ic c AT min” Qmi‘nl
2. Spin Axis Normal to Sun
) Qma.:s:

‘Conventional Radiator Area =

4
G e T max

min min
C%1"1‘53.::1"' .

341

Heater Power =1,25 Ic €AT4 -0 ‘

Heat Pipe Capacitance =

b. Three-Axis Stabilized Vehicle

Conventional Ra.dia._tér Area

it

‘ , o e AT min. ‘
Heater Power =1.25 > "anin
. eria.xL
Diode Heat Pipe Capacitance = 341 (2 req'd)

8.3.1.2 Earth Oriented Vehicle (Nea.‘r Equatorial)

a. Three-Axis Stabilized Vehicle

2 ‘Qmax_

Conventional Radiator Area = =- 7
g e T hax

o) ‘e: A'r4

Heater Power - = 1.25 ——-———2——@5 - Qmin
Q. - L

Diode Heat Pipe Capacitance = _;n+ (2 req'd)
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8.3.2

8.3.2.1

Yaw Spin Stabilized Vehicle

Optical Surface Reflector {OSRE max
Radiator Area -4 Qsa
ceT -
max "
: Heater Power =1.25 lo ¢ T4 -Q
' | min min
Dual Spin or Normal Spin Vehicle
Q
Conventional Radiator Area = n;ax
ceT
max
Heater Power =-l 25 o e '1'4 - Q..
i ' nin riin
Q L
Heat Pipe Capacitance = —;—ﬁ%xi——
Orbits Less than 926 km (500 nini)
Orbit Inclination is Less Than 30 deg
Solar Inertially Oriented Vehicle
1, Three-Axis Stabilized Vehicle
OSR Radiator Area = 1 Smax: :
; cerT -{Emiss)e -{Alb)x
max
_ 4
Heater Power =1.25 joe AT . = Qminl
) Q L
Heat Pipe Capacitance = gmax
3.41
r
2. Spin Stabilized Vehicle
Q
OSR Radiator Area = = max
CeT ax" 0.5[{Emiss)e HAlb]
Heater Power =1.25 o e .A"r4 =0 .
: min “min
Q’ma. L
Heat Pipe Capacitance = _3_.2.15___
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b. Earth Oriented Vehicle
1. Three-Axis Stabilized Vehicle
Qmax
OSR Radiator Area = )
oeT -aQ
max 8
Heater Power =1,25 o e AT min "Qmin
: ) 0.26 QSQ’AK
Phase Change Material (PCM) = 15
Mass
. Qmax
Isothermalizer Heat Pipe = 3 4]
2. Spin Stabilized Vehicle -
OS R Radiator Area Qmax
i e =
._ 4, {Emiss)e- [QSHATD)Q]
oeT - -
max m T
i _ 4 - _(Emiss)e
Heater Power =1.25 {oc eArT min Qmin —
8.3.2.2 Orbit Inclination is Greater Than 30 deg
a. Solar Inertially Oriented Vehicle
1, Three-Axis Stabilized Vehicle
Qmax

OSR Radiator Area.‘

Heater Power =1.25

PCM Mass

Heat Pipe Capacitance

i )
aeT o =FEmissle - AlD &

g e AT

4 .
min Qmin -{Emiss)e

0.26a (Alb) AK

40

Qnaxl
3.41



2. Spin Stabilized Vehicle

. . R
OSR Radiator Area = — rax
Ge 'r max _—- (Eim1§s) e -(Alb)y
Heate?: Power =1.25 o (':_AT‘Lmin - Q,min_ FEmisde
PCM Mass = 9.26alb)AK
) 40 .
anaxL
Heat Pipe Capacitance = I
b. Earth Oriented Vehicle
1. Three-Axis Stabilized Vehicle
’ Qma.x
OSR Radiator Area = 7
€T max "~ ¢ Qs
: : 4
I—I‘eafzer Power =1,25 { ¢ eATmin" Qi'nin
0.26 Qscv AK
PCM - . . . . = 70
Heat Pipe C itani = —-—-—--Qmax
eat Pipe Capacitance = 3,41
2, Spin Stabilized Vehicle
’ Q
max
OSR.Radiator Area =
cre'r4 _'(Erniss) € _ EQS +(Alb)°[]
™ ™
Heater Power = 1,25 cre'r4min Q.- @1—1—.111—:’3—)-51

8.3.3 All Other Orbits

8.3.3.1 . Solar Inertially Oriented Vehicle

a. Three-Axis Stabilized Vehicle
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Q

Conventional Radiator Area = —7 max
CeT L ax " (Emiss)e
Heater Power = 1.2500eATY . -Q_ -Emiss)e
. . QmaxL ;
Heat Pipe Capacitance e w5
b. Spin Stabilized Vehicle
Q-
Conventional Radiator Area = ra max
oeT - (Emiss)e
max
- 4 * : ‘
Heater Power =1,25]0=AT . -Q -{(Emisg e
. . Qnaxl
Heat Pipe Capacitance = - 3471
-8.3.3.2 Earth Oriented Vehicle
a. Three-Axis Stabilized Vehicle Q X
) ’ nax
OSR Radiator Area - : = y e
T ceT L= Q o
max s
‘ 4
Heater Power =1.25{ccArT min " anin
. , 0.260 Q_ AK
. . Qm_axL
Heat Pipe Capacitance e s

b. Spin-Stabilized Vehicle

Qmax .

OSR Radiator Area © =
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. N 4 .
Heater Power =1.25 oeATmin - Qmin

0.26w QS AK
ana.xL
Heat Pipe Capacitance =
8.3.4 Battery Thermal Control
Qmax

OSR Radiator Area = . 7
oe(T -30)"-Q o
maix s

Heater Power = 1.25 logeA(T ., + A'r)4- Q .
min rmn
AT = 1.7(Q . + Heater Power)
min

Q L

Variable Conductance Heat = ZBeX
. 3.41
Pipe
8.4 DESIGN L.OGIC

The logic within the design algorithm is a set of logical tests which,
for the specified conditions, point the way to the proper components and the
equations necessary to describe the physical attributes of the components,
Table 8-7 presents the logical tests which are performed at each branch or
tier in the logic tree. Thus, Table 8- 7 indicates the first test is based on
orbit altitude; there are three ranges of altitudes, and for eé.ch altitude range

there are four or five further tests to be performed.
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" Table 8-7.

Thermal Control Logic

Liogic

Tios Test Options
1 Orbit Altitude Earth synchronous altitude or greater
2 Orientation * Solar
Earth ‘
3 " S&C Type Dual spin or normal spin ?
Yaw spin
Three~axis stabilized
4 Spin Orientation | Spin axis pointed toward sun
Spin axis normal to sun
L’I?igei: Test i Options
1 Orbit Altitude Less than earth synchronous and greater than | -
926 kmi (500 nmi) i
2 Orientation Solar
Earth
3 S&C Type Spinning vehicle
Three-axis stabilized
Logi. .
’I‘ige - Test Options
1 Orbit Altitude Less than 926 km (500 nmi)
2 Inclination Less than or equal to 30 deg
Greater than 30 deg
3 Orientation Solar
Earth
4 S&C Type Spinning vehicle

'Ifhree-axis stabilized
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9. VEHICLE SIZING

9.1 GENERAL .
9.1.1 Functional Description

The vehicle sizing model determines the satellite structural
weight, the total weight, the satellite volume, dimensions, center of
gravity locations and the satellite inertial characteristics.

The model is able to accept inputs describing:

a. Mission equipment
b. External equipment
c. Solar arrays

A typicai satellite configuration is depicted in Figure 9-1..

The mission equipment is limited to two itenﬁs in number and
can be mounted on either the forward ( +.x ) or a:ft (-x) end of the
vehicle.

Up to nine external equipments can be specified. The external
equipment can be located anywhere on the surface of the vehicle. Clearly,
the external equipment can'include mission equipment: descriptions.

The solar arrays can be mounted either on the vehicle body
or on oriented paddles. The body-mounted solar arrays: can be mounted
on the forward end, center, or aft end of the vehicle surface. Paddle-
mounted solar arrays are assumed to be mounted in the x ~ y plane
parallel to the y ‘axis and attached to either the front end, center, or

aft end of the wvehicle.

9.1.2 Vehicle Configurations

The vehicle sizing model has the a.bility: to design any of three

general vehicle configurations:



2-6

PADDLES

. \ OR-A
BODY
BOOMS \\ MOUNTED
Sy D
_\ STA. 500
> +Y

*Xp - X /4-\ +2
\'/L\—;QYLINDER,

' o - Y SPHERE OR.
BOX
MISSION : EQUIPMENT BAY

K

EQUIPMENT
BAY

Figure 9-1, Typical Spacecraft Configuration



a. Cylindrical
b. . Box(square €nd)
C. Spherical

, The vehicle configura}‘tion is alway;; tested against the stabili-
zation.and control subsystem configuration to prevent a spinning, box-

shaped vehicle from being designed. This test is summarized in Table. 9-1. -

Table 9-1.  Vehicle Shape Compatibility

S&C Configuration Cylinder * ' Sphere Box
Spinning ' : ‘ * Yes - " Yes No
3-Axis . Yes : Yes Yes
Legend:
Yes - Compatible -
No - Incompatible
9.1.3 Equipment Types -

Equipment weights which are determined by the vehicle

sizing model include the following:

a. Equipmeént bay s—tru'cturé
b. Booms, extensions, and mechanisms
c. Wiring harness
d: Thermal control subsystem
e. Adapter
9.2 - INPUT DATA

The information ;-equired from the user to design the vehicle
is identified in Table 9-2. The table indicates what representative
values are used in the event the data are not supplied.
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Table 9-2. Input Data Supplied by User

Symbol Name Representative Value
EQPF Volume sizing factor 4.95
MB12SH Mission equipment bay shape 1 for cylinder,

(1 means cylinder, 2 means box) 2 for box, or 3 for

. spherical vehicle

EQMIWT | Mission equipment bay #1 weight (1b) 435,
EQMIXL, | Mission equipment bay #1 length (in.)
EQMI1IYI, | Mission equipment bay #1 width (in.) Para. 9.2.1
EQMI1ZL | Mission equipment bay #1 height (in.)
EQM2ZWT | Mission equipment bay #2 weight (1b) 435,
EQM2XL | Mission equipment bay #2 length (in.)
EQM2YI, | Mission equipment bay #2 width (in.) Para. 9.2.1
EQMZ2Z1, | Mission equipment bay #2 height (in.)
ISBOFG Solar array boom orientation G

(0 means not oriented,

1 means oriented)
NUMEEQ | Number of external equipments 0

(maximum of nine)
EEQWT(i)| External equipment #i weight (1b) 0
EEQVL(i) | External equipment #i volume (ft3) 0
EMIYCG | Miss.equip.#1 c.g. "y' location (in.) 0
EM1ZCG | Miss.equip.#1 c.g. "z' location (in.) 0
EMZYCG | Miss.equip.#2 c.g. "y'" location (in.) 0
EM2ZCG | Miss.equip.#2 ¢.g. "z'" location (in.) 0
CGEEX(i) | Location of ith external equipment 2

{1 means front, 2 means center,

3 means aft)
EELOC(i) | Location of ith external equipment 2 r

(1 means right, 2 means left, 3 means
top, 4 means bottom when viewed
from aft end) ) )

9-4



Table 9-2..

Input Dafa Supplied by User {Continued)

Symbol ”

Name |Representative Value

XCGSAlL Liocation of solar paddles SR

(1 means front, 2 means center, -

3 means aft)
XCGSA3 Location of body mounted solar array 1

{1 means front, 2 means center,

3 means .aft) ) :
DIAMAX 10 120

Maximum satellite diameter (in.) -




The vehicle sizing model obtains the weight and volume from
the data base for each co;nponent selected. The reliability model indi-
cates the total number of each component ts;pe. The stabilization and
control subsystem indicates whether the vehicle is spinning or three-axis .
stabilized. Total solar array area and weight are supplied by the electrical

power subsystem model.

9.2.1 Mission Equipment Dimensions .

The mission equipment bay dimensions, if not specified by
the user, are determined in two steps. First, the required volume is
determined by dividing the mission equipment weight by an average density
of 400 kg/rn2 (25 lb/fts). Second, a constant length/diameter (for a
cylinder) of 0.6 or length/width ratio {(for a box) of 1.0 is assumed,” and the -
dimensions are calculated based on the required volume. If the maximum
diameter is exceeded, the diameter (or diagonal of a box) is set to the .

maximum diameter, and the length is recalculated.

a. - Cy‘lindrica.lly Shaped Mission Equipment

EQMIVL = EQMIWT/25.0 ~ . ‘ (9<1)
EQMIYL = [(EQMIVL x 1728)/0.471]% 333 (9.2
EQMIZL = EQMIYL (9-3)
EQMIXL -= 0.6 x EQMIYL ' (9-4)
If EQMI1YL exceeds DIAMAX, - ) ’
EQMIYL = EQMIZL = DIAMAX (9-5)
EQMIXL = (EQMIVL x 1728)/(0. 785 x DIAMAX2)(9-6)

The identical procedure is followed in estimating the dimen-
sions of a second cylindrically shaped mission equipment.

b. Box Shaped Mission Equipment

EQMIVL = EQMIWT/25.0 (9-7)
EQMIYL = [(EQMIVL x 1728)/0.6]%333 = (g_g)
EQMI1ZL = EQMI1YL ) {9-9).
EQMIXL = 0.6 x EQM1YL (9-10)
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If EQMI1YL: exceeds DIAMAX,

EQMIYL = EQMIZL = 0.707 x DIAMAX (9-11)
EQMIXL = (EQMIYL x 1728)/(0.5 x DIAMAXZ%) (9-12)
9.2.2 Despun Platform Moment of Inertia

If either of the two mission equipment bays is to be despun
as part of the S&C .dual spin configuration, it is necessary to know the
roll moment of inertia. The equations for the inertia for mission equip-
ment bay number 1 are listed below:

If a cylindrical bay,
2

EMIINX = (EQM1IWT/2.0) x EMIRAD {9-13)
If a box,
EMIUIINX = (EQM1WT/12.0) x (EQMIYLZ + EQMlZLz)

(9-14)
For mission equipment bay number 2, the identical relation-
ships are used.

9.2.3 Volume Sizing Factor

This section describes the analysis used to obtain the volume
sizing factor, EQPF. The results presented in Figure 9-2 indicate that
satellites with pé,ddle—mounted arrays have 2 mean volume sizing factor
of 4.95. However, satellites having body~-mounted arrays may exhibit
factors as high as 34 since the area required for the solar array deter-

mines the size of the vehicle.

In order to obtain the volume sizing factor as a function of

gross weight several steps were necesgsary:

2. Actual weight statements were obtained for nineteen satellites,

b. The cost/performance data base was used to obtain the
average equipment density of the various subsystems. Over

100 equipment weights were used to obtain the densities pre-
. sented in Table 9-3.

c. Utilization of the subsystem densities yields the total equip-
ment volume for each of the satellites, The values used for
the FILLTSATCOM satellite are presented in Table 9-4,
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Table 9-3. Subsystem Densities
Subsystem ]:3)311811:‘9‘ 3
kg/m (ib/£7)
Stabilization and Control System | 455- 28.4
Propulsion System
Hardware 143 8.9
Thrusters 163 10.2
Cold Gas and Tankage 726 45,3
Hot Gas and Tankage 1120 70.2
Bipropellant and Tankage 1290 80.3
Solid Motors ' 1350 84.1
Data Processing System 1400 87.5
Communication System 1330 82.8
Electrical System
Batteries 2670 166.8
Equipment 252 15.7
Table 9-4. FLTSATCOM Description
Weight Density Volume
kg | @) |xe/min/a®y | w3l (@3
Structural TPS & Hardware | 138.0 305
Solar Arrays (paddles) 82.1 181
Batteries 88.5 195 | 2670 166.8)0.033| 1.17
Electrical Equipment 73.9 163 252 15,710,294 | 10.38
Electrical Harness 77.6 171
Guidance & Navigation 57.2 126 455 28,4 10.126 | 4,44
Communication 174.0 | 384 | 1330 82.8 10,131 ] 4,64
TT&C 29.9 66 | 1400 87.510.021 | 0.75
RCS System 102.0 } 224 1120- 70,2 }-0.090] 3.19
Apogee Motor 858.0 {1892 | 1350 84.110.637 122,50
Total : 1.390 [49, 07 £>




TOTAL VOLUME
EQUIPMENT VOLUME

VOLUME SIZING PACKING FACTOR

' 20

1. FLTSATCOM 10. IMP-H
" 2. EOS 11. IEU
3. SAS 12. LUNAR ORBITER
4, SAN MARCOS 13. 0GO-V
. 5. NIMBUS/ERTS 14. TIROS M
6. RAE-B . 15. SMS
7. 1DCSP/A 16. DSP
8. OAO-B 17. INTELSAT
9. 0S0-I 18. SKYNET
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Figure 9-2, Volume Sizing Factors
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d. The equipment bay total volume is determined from the
satellite drawing. -

e. The volume sizing factor is determined as follows For the
DSCS-II satellite. with bay volume of 4. 85 m (171. 4 3 ) and
an equipment volume-of 1.39 m3 (49. 07 £3) the factor is:

EQPF | = Ai’:?i = 3,5 (9-15)

The volume sizing factor for the remaining satellites was
calculated in a similar manner, and the results are plotted

in Figure 9-2.

It is obvious that satellites having body-mounted solar arrays
could exhibit very high fa.ctc;rs. This is due to the fact that the satellite
dimensions (and therefore volume) are determined by the area required for
the solar arrays. Since the purpose was to produce the minimum sized
equipment bay (without body-mounted solar arrays) it was decided to re-
move the data on the satellites having body-mounted solar arrays from the
study. An inspection of Figure 9-2 reveals that the volume sizing factor
for satellites having solar array paddles is fairly constant reg.ardles,s of
gross weight. Therefore, the mean value of 4. 95 was calculated as the

baseline factor to be used for all vehicles as shown below:

Equipment Volume = Volume Sizing Factor x Equipment (9-16)
Volume

Ninety percent of the computed volume sizing factors for

paddie-mounted solar array vehicles fall within a range of 1.8%o 8, 1:

9.3 DESIGN EQUATIONS

The empirical weight equations used in'the model were
developed by correlating act'ual satellite data with a theoreticdl model
using a regression analysis computer routine. Nurnerous para.meters
were compared to determine their relative effect on weight, and those
which had a low influence were deleted from the equatlons for simplifi-

cation.
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The data shown in Figure 9-3 was used to produce the follow-
ing structural equa.ti‘ons: ‘

0.24;1.096 gy 1o

Structural Weight = K [EQWwT)"? (L/D)
where: _ ) ’
K = Density Coefficient

= 0.218 for satellites with sidewalls (i.e., with
body-mounted solar arrays)

= 0.129 for satellites with paddle-mounted solar
arrays, which do not require the large body
area needed for body-mounted arrays

EQWT = Equipment weight carried by the structure

L/D = Length/diameter ratio of the structural shape
(i.e., long, slender structures weigh more
than short, wide structural shapes)

The electrical harness weight, the structural thermal pro-

tection, and the equipment boom weight were obtained in 2 similar manner,

9.3.1 Mission Equipment

The mission equipment weight is supplied by the user:

EQOMIWT = . Mission Equipment #1 Weight (1b)
EQM2WT Mission Equipment #2 Weight (1b)

EQMWT

1]

EQMIWT + EQM2WT (9-18)

The dimensions of the mission equipment bays are also provided by

the user or calculated as representative values:

EQMIXL = Mission Equipment Bay #1 Length (in. )
EOQOM1YL, = Mission Equipment Bay #1 Width (in. )
EQMIZI. = Mission Equipment Bay #1 Height (in. )
EQM2XI, = Mission Equipment Bay #2 Length (in.)
EQM2YL, = Mission Equipment Bay #2 Width (in.)
EQM2ZI, = Mission Equipment Bay #2 Height (in. )
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Figure 9-3. Structure 'Weight Correlation
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9.3.2 ’

Mission Equipment Volume, ‘ "It is' desirable to know the
total mission -equipment bay volume.

1. If the mission equipment bay is a cylinder, volumes
of equipment bays #1 and #2 arer

‘ ‘Solha_r Arravys

EQMIVL = 0.785 x EQM1YL? O x EQMIXL % (9-19)
EQM2VL = 0.785 x EQM2YL2 0 x EOM2XL
and the total volume is: = | . ‘
EQMVOL = EQMIVL + EQM2VL (9-20)
2. If-the mission ‘eqlp1'ipr.nent bay is a box, volumes of
. equipment bays #1 and #2 are: .
EQMIVL = EQMIXL x EQM1YL x EQM1ZL } (9-21)
EQM2VI, = EQM2XL x EQM2YL x EQM2Z1, '
" and the total vo]‘.umenis: . ' ‘
EQMVOL = EQMIVL + EQM2VL (9-22)

The solar airay area (SAAREA) and weight (SOARWT) re-

quired to produce the necessary power (watts) must be read from the

input data (supplied by the EP subsystem).

a. -’

Oriented‘Paddles. Assume two flexible, oriented paddles

of equal areas:

First paddle weight (Ib} = SAIWT -
= SOARWT/2
" Second paddle weight (Ib) = SAZWT
= SOARWT/2
' First paddle area (ft°) = SAREA1 .
= SAAREA/2
Second paddle area (ftz)' . = SAREA2
= SAAREA./2

The flexible arrays are assumed to.be 2,44 m (8 ft) wide.

" Therefore, the length of each paddle is;

SAIYL. (in.)
0.75 SAAREA

Paddle length
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~ This assumes the paddie is extended in the y direction.
Then, assuime the 2.44 m {96 in.) dirhension is in the x
direction and a 2.54 ¢m (1 in.) thickness:

SAIXL = 96.0 .
SAIZI, = 1.0 (9-26)
b. Body Mounted Arrays. The solar arrays are mounted on

the equipment bay sidewall and are unoriented. The weight
(SA3WT) used by the vehicle sizing model is equivalent to
the input SOARWT, and the area (SAAREA) is equivalent t
the input SOAREA. .

If the equipment bay is a cylinder, the available solar
array area is the total equipment bay sidewall area if

the vehicle is spinning and one-half the equipment bay
sidewall area if the vehicle is not spinning.™ If the equip-
ment bay is a square-ended box, the available area for.
power generation is one side of the box. In both cases, a
check is made to see if the solar array area (SAAREA)
exceeds the equipment bay area. If this-happens, the model
indicates that additional sidewall is required.

If the equipment bay is a sphere, only the projected area
is available for power generation. If the vehicle diameter
required for the solar arrays exceeds the diameter orig-
-inally calculated to contain the equipment volume, then
the model again indicates that additional area is required.

C. Solar Array Booms. The solar arrays are always placed .
in the x-y plane and the extension from the body (on the
y axis) is assumed to be 61.0 cm (24 in. ). Therefore:

SABOLG = 24.0 (9-27)

and the boom weight is:

SABOOM = 5,0 + (0.213 x SABOLG x 2. 0)
6.89 kg (15, 2 1b) (9-28)

If the boom is orienﬁed, a drive mecﬂaﬂsm (SADRIV)
must be added. Its weightis a function of the solar array
weights (SAIWT and SA2WT):

SADRIV = 0.166 x (SAIWT + SA2WT) . (9-29)

Hou

“The solar array area calculated bir the electrical power subsystem
model takes into account the vehicle shapé and whether the vehicle
is spinning.
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Finally, the system weight is the sum of the boom and the
drive: -

SABMWT = SABOOM ‘+ SADRIV (9-30)

9.3.3 Equipment Bay

Several preliminary steps are necessary in order to deter-

mine the equipment bay shape and size.

a. Subsystem Weights. The weights and volumes of the
various pieces of equipment which will be carried in the
equipment bay must be read from the data base. The sub-
system total weight is the sum of the various component

weights.
Stabilization + Control Weight (STABWT)

STABWT = STAIWT + STAZWT + ... (9-31)
Auxiliary Propulsion Inerts Weight (ACINW T)

ACINWT = ACIIWT + ACI2ZWT ... (9-32)
Au:;:iliary Propulsion Propellant Weight (ACSWP)

ACSWP = ACSIWP + ACS2WP + ... (9-33)
Communication Weight (COMWT) .

COMWT = COMIWT + COM2WT + ... {(9-34)
Data Processing Weight (DATAWT) ) )
' DATAWT = DATIWT + DAT2ZWT +... (9-35)
Electrical ?ower Weight (ELPWT) E

ELPWT = ELPIWT + ELP2WT + ... (9-36)
Thermal Control Weight (TCWT)

TCWT = 0.025 x EQWT (9-37)
Equipment Weight (EQWT) ‘ )

EQWT1 = STABWT + COMWT + (9_38)'

DATAWT + ELPWT + TCWT

EQWT = EQWT1 + ACINWT + ACSWP {9-39)
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‘b, Subsystem Volumes. The subsystfem volumes are obtained
by .2 summation of the component volumes which are read
from the data base.

STAVOL = STAIVL + STA2VL +...  (9-40)
ACSVOL = ACIVL + AC2VL +-... (9-41)
COMVOL = COMIVL + COM2VL + ... (9-42)
DATVOL = DATIVL + DAT2VL + ....  (9-43)
ELPVOL _ = ELPIVL + ELP2VL +...% (9-44)
EQVOL = ‘STAVOL + ACSVOL + COMVOL +

, DATVOL + ELPVOL (9-45)

C. Equipment Bay Volume. The actual volume required in

the equipment bay itself must be determined. This volume,
must be greater than the sum of-the component volumes
because the shapes of the equipment packages makes it |
difficult to stack them efficiently and because it is not pos-
sible to put a flat-sided box closely against a curved side-
wall. In addition, room must be left for cable runs and
access to the equipment. The factor used to obtain this
additional volume is the volume sizing factor, and a value
of 4. 95 is used as a representative value in this program.
The factor of 4. 95 is based upon a nominal satellite. If this
is not acceptable or desirable becausée of thermal control
problems, then the value should be ralsed as suggested in
Figure 9-2.

Equipment Bay Volume (EQBVQOL) (ft Y
EQBVOIL EQVOL x. EQPF (9-46)

"

where

)

EQPF

d. Fquipment Bay Dimensions. The input data is read to de-
termine the desired shape of the equipment bay. In addition,
the maximum allowable diameter (or diagonal if a square-
ended box) must be read from the input data. With the
total volume, the shape, and the maximum diameter avail-
able, the volume determination can be made as presented
in the followmg material,

It should be noted that a length-to-~diameter ratio of 0.6
will be used until the maximum diameter is reached. Then
the diameter will be fixed and the length extended until the
required volume is obtained.

volume sizing factoxr

* Do not include solar array volume in electric power volume (ELPVOL)
since it is not carried in the equipment bay.
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Note that if the satellite -attitude control requires that the
satellite Be a spinning body, then the shape must be a
cylinder and solar arrays are body-mounted.

If body-mounted solar arrays are used, the required sur-
face area (SAAREA) will be known.” Therefore, the surface
area of the equipment bay (not counting the ends) must be
calculated based upon the bay dimensions obtained to suit
the desired equipment volume. If the available area is
greater than the required solar array area, the bay size
is acceptable. However, if the solar array area require-
ment has not been met, the equipment bay dimensions
must be enlarged to supply the necessary area. If the
equipment bay is a cylinder, the original length/diameéter
ratio is held constant, and the diameter is increased
until the required area is obtained. If the equipment bay
is a box, the original length/diagonal ratio is maintained,
and the diagonal (or side) dimension is increased. If the
equipment bay is a sphere, the sphere diameter is in-
creased to suit the required area. In the first two cases,
if the maximum diameter is encountered, the program
will extend the equipment bay length while holding the
cross-sectional dimensions at the maximum diameter or
diagonal. In the case of a sphere, the program will abort
if the maximum diameter is exceeded.

The maximum allowable diameter (DIAMAX) is read from
the input list. Note that the default value for DIAMAX is
3.05 m (120 in. ). :

The required satellite diameter (SATDAM) and the equip-
ment bay length (EQBLG) can be determined as shown
below. )

1. Cylindrically Shaped Vehicle (Fig. 9-4)

Figure 9-4. Cylindrically Shaped Vehicle
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SURF

SATDAM

EQBLG

SATDAM = [(EQBVOL x 1728)/0.4711%-333 (947
EQBLG = '~ SATDAM (9-48)
11 oATDAM exceeds DIAMAX, change SATDAM
to DIAMAX .
EQBLG = (EQBVOL % 1728)/(0 785 x SATD.A(I(\)/[zgg)

Check the solar array aréa ava.’ila‘.bility (SURF).
- ‘{m;.SATDAM x EQBLG/144, spinning vehicle

- . - (9-50)
7 x SATDAM x EQBLG/288, non-spinning vehicle .

If SURF is greater than the required area SAAREA, the
vehicle dimensions are acceptables, If SURF is less than
SAAREA, then:

{ [(SAAREA x 144)/1.88]% >, spinning vehicle
) ' (9-51)

[(SAAREA x 144)/0.942]% °, non-spinning vehicle ° '
EQBLG = 0.6 x SATDAM ' (9-52)

If the new SATDAM exceeds DIAMAX change SATDAM
to DIAMAX and:

{(SAAREA. x 144)/(m x SATDAM), spinning vehicle .
= - {9=-53)
‘((SAAREA x 288)/(m x SATDAM), non-§pinning vehicle

2. Box Shaped Vehicle (Fig. 9-5)

Figure 9-5.  Box Shaped Vehicle
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http:n-s,,(9.53
http:144)/1.88

_For Length/Side = 1.0 (End = Square)
' 0.333

EQBLG = (EQBVOL x 1728) (9-54)
EQBSID = EQBLG (9-55)
EQBDIA = 1.414 x EQBSID (9-56) .
If EQBDIA exceeds DIAMAY, change EQBDIA
+to DIAMAX and : .
EQBSID = EQBDIA/1,. 414 (9-57)
and 2
EQBLG = (EQBVOL x 1728)/EQBSID>* (3-58)
Check the solar array area availability (SURF).
SURF = EQBSID x EQBLG/144 (9-59)

1f SURF is greater than the required area SAAREA,
the vehicle dimensions are acceptable. If SURF is
' less than SAAREA, then:

EQBLG = (SAAREA x 144)0‘ 5 (9-60)
EQBSID = EQBLG (9-61)
EQBDIA = 1.414 x EQBSID (9-62)

If EQBDIA exceeds DIAMAX, change EQBDIA
to DIAMAX and: :

EQBSID: = EQBDIA/1. 414 . ] (9-63)
EQBLG = - (SAAREA x 144)/EQBSID  (9-64)
3. Spherically Shaped Vehicle (Fig. 9-6)

Figure 9-6. Spherically Shaped Vehicle
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0.333

SATDAM = [(EQBVOL x 1728)/0.5236] (9-65)
If SATDAM exceeds DIAMAX, the model aborts
this configuration and goes on to the next case.
Check j;he solar array area availability (SURF).
™ x SATDAMZ/ 144, spinning vehicle
SURF = > (9-66)
T x.SATDAM"™ /288, non-spinning vehicle
If SURTF is greater than the required area SAAREA,
the vehicle dimensions are acceptable, If SURF is
less than SAAREA, then:
[(SAAREA x 144)/m ]0' 5, spinning vehicle
SATDAM = 0.5 (9-67)
[(SAAREA x 288/m]."° ", non-spinning vehicle
If the new SATDAM exceeds DIAMAX, the model
aborts this configuration and goes on to the next
case.
4, Equipment Bay Length. The satellite length (inches)
is the summation of the equipment bay length (EQBLG)
plus the mission bay lengths (EM1XLG and EM2XLG).
SATLG = EQBLG + EQMIXL, + EQM2XL .
(9-68)
9.3.4 Equipment Bay Structural Weight

With the equipment weight (EQWT) and the length to diameter”
ratio (EQBLG/SATDAM) known, the equipment bay structure can be cal-
culated. Note that different multipliers are used when body-mounted solar

arrays are used instead of paddie-mounted solar arrays.

a. Body-Mounted Solar Arrays
0.9 0. 24 1. 096
EQBST = 0.218x [(EQWT) '’ x {(EQBLG/SATDAM) " ™7] (9-69)
b, Paddle-Mounted Solar Arrays
0.9 0.24, 1+ 096
EQBST = 0.129x [(EQWT) "’ % (EQBLG/SATDAM) " “7] {9-70)

A ten-percent factor is added to account for the equipment
mounts and supports. Therefore, the final equipment structural weight is:
) EQBSTR = EQBST + (0. 10 x EQWT} (9-71)
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9.3.5 Total Equipment Bay Weight

The toté.l equipment bay weight (EQBWT) is the sum of
the equipment weight (EQWT) and the structural weight (EQBSTR).

EQBWT = EQWT + EQBSTR (9-~72)

9.3.6 Wiring Harness Weight

The electrical harness weight (HARNWT) is a function of
the power consuming equipment weight {not inciuding batteries) and the -

equipment bay volumes in units of cubic feet.(Ref. 9-1).

HARNWT = 0.013 x (EQWT - ACSWP - BATTWT + 0.5 x EQMWT
+ 0.5 x EEQTWT)! 3! x EQBVOL?- 16 (9-73)
where
ACSWP * = APS propellant weight
BATTWT = total battery weight
9,3,7 Thermal Control Weight

The structural thermal protection system (STTPS) is a
function of the equipment bay structural weight (EQBSTR).

STTPS = 0.025 x EQBSTR . (9-74)

9.3.8 Spacecraft Gross Weight

The subsystem weights are listed in two parts. The external
equipment weights are shown first as SUBWT2.

SUBWTI1 = EQMWT + SAIWT + SA2WT + SASWT + EEQIWT ...
+ EEQ9WT + SABMWT (9-75)
SUBWT2 = SUBWTI1 + EQWT + HARNWT + STTPS + EQBSTR (9-76}

The sa.tellite-gross weight (SATWT) is equivaleat to the
system weight (SUBWT2).
SATWT

Il

SUBWT2 (9-77)
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9.3.9 Adapter Weight

The adapter weight (SATADP) is a function of the satellite

gross weight (SATWT).
SATADP = 0.012 x SATWT (9-78)

9.3.10 Spacecraft Liaunch Weight

Finally, the satellite launch weight (SATTWT) is the sum
of the satellite gross weight (SATWT) and the adapter weight (SATADP).
SATTWT = SATWT + SATADP (9-79)

9.3,11 Center-of-Gravity Location

The model determines the inertial characteristics of the
satellite, such as center of gravity (c.g.), individual component inertias
about theixj own c. g.'s (called incremental inertias) for the three axes

(x, v, z), and the total inertia of the vehicle (about the three axes).

a. Mission Equipment. Several rules must be observed in
locating the mission equipment bays. Two locations are
available: :

Number 1 = Forward of the equipment Bay on

the equipment bay centerline.
Number 2

H

Behind the equipment bay on the
equipment bay centerline.

These locations are .shown in Figure 9-7.

-Z
X—§ - E&';"?EA'ER’T EQUIPMENT ESAJISPS!!AOENNT . /\ .
BAY No.1 |°  BAY BAY No. 2 \ / .
+2Z
Figure 9-7.  Mission Equipment Locations
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The forward mission equipment bay (No. 1) %" c.g. is'de'—
termined by combining the station at the aft end of the equipment
bay (500) plus the equipment bay length (EQBILG) and half the
length of the mission equipment bay length (EQMIXL/2).

Again the ¢.g. is assumed to be at the midpoint of the bay.

EMIXCG = 500 + EQBLG + (EQM1XI1./2)

EMIYCG = Input = 0,0 Default value_ (9-80)
EMIZCG = Input = 0.0 Default value

EM2XCG = Input = 500 - (EQM2XL/2)

EM2YCG = Input = 0.0 Default value (9-81)
EM2ZCG = Input = 0,0 Default value

Equipment Bay. The equipment bay "x'" c.g. is assumed
to be at the midpoint of the equipment bay. Since the aft
end of the equipment bay is always station 500, the equip-
ment bay ''x" c.g. is 500 plus half the equipment bay length
(EQBLG). ’

EBXCG = 500 + (EQBLG/2) (9-82)

The equipment bay "y' and ""z'" c.g.'s are assumed to be
on the equipment bay centerline which is station zero.

EBYCG = 0
EBZCG = 0

(9-83)

Equipment Bay Structure. The main equipment bay structure
and equipment c.g. is assumed to be at the midpoint of the
bay and the aft end of the bayis % station 500. The vy and
%z coordinates are zero at the centerline.

Therefore:
' STRXCG = 500 + (EQBLG/2)
STRYCG = 0 - (9-84)
STRZCG = 0

External Equipment. The external equipment pgcka_tgés are
assumed to be cubes and the volume of each (in. ) is:

EEIVL = (EEQIWT/DENS) x 1728 (9-85)
where  DENS = 0.24 g/em® (15 b/t
Note: DENS may be a variable.
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Since each package is a cube, the length of the side (in
inches) is: .

EE1SID = Epwvi®33 - (9-86)"
Then, the ""x" location {(and c.g.) is selected as follows:
if forward, EEIXCG = 500 + EQBLG
If center, EEIXCG = EQBLG/2 + 500 (9-87)

if aft, EE1IXCG 500

The external equip.m.ent packages are located either on top
(- z) on the right side (+v) on bottom (+2z) or on the left side
(-v) of the equipment bay.

On the right side:

EEIYCG

f

SATDAM/2 + EE18SID/2 (9-88)
On the ‘1eft side:

SATDAM/2 - EE1SID/2

1 = .

mizos  « o 0-5%
If the package is to be located on the tf)p or bottom:

EE1YCG = 0 (9-90)
On the top:

EEIZCG = - SATDAM/2 - EEISID/2 (9-91)
On the bottom: :

EE1ZCG = SATDAM/2 + EE1S8ID/2 (9-92)
If the packagt;. is to be located on either gide:

EEIZCG = 0 o (9-93)

C.G. 's for the other external equipment packages are
handled in a similar manner.
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~ . ale

e. Solar Array. " ‘The solar arrays. are located in the xy plane.

Each solar array boom lies .on the -y ams and is 61 cm

(24 in. ) long. The number one solar array is on.the right side
{(ty) of the vehicle and the number two solar array is on the

left side (~y).
“Therefore:

SA1XCG is computed as in the external equipment case.

P

| SA1YCG = - SATDAM/2 + 24 + SA1YL/2
SA1ZCG = 0 '
and: )
SA2XCG -- = SAIXCG
SA2YCG =" . - SATDAM/2 - 24 - SA2YL/2
SA2ZCG = 0 '

The body-mounted a:ri'ay c.g. s are:
‘BA3ZXCG is computed as in the external equipment case.

SA3YCG - =
SA3ZCG

f. -Solar Array Boom. The solar array bpom c. g. i‘n the x
-direction is the same as the solar array "x" c.g.

SABXCG = = SAlXCG

(9-94)

(9-95)

(9-96)

(9-97)

-The "y!'' c.g. is zero, since they are symmetrlcal about the

_centerline:
SABYCG ., = 0

- The "'z' c. g is zero, since the solar arrays lie in the
’ xy plane:
) SABZCG. = 0

(9-98)

(9-99)

'I‘he user should not locate both a solar array and an external equip-

ment package at the same location {i.e., 1, 2, or 3). Locate the
solar arrays first and, if an external equipment package is called
out at the same location, move the éxternal equ1pment package to
the next location.
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Satellite Center of Gravity Calculations. The ''x, ! ”y, "
“and "z" center of gravity of the entire satellite can riow be

dete rrnlned

SATXCG = [(EQBSTR x STRXCG)
_+ (EQWT x EBXCG) ‘
+ (EQM1ST + EQMIWT) x EM1XCG .
+ (EQM2ST + EQM2WT).x EM2XCG

+ (SAIWT x SAIXCG)

+ (SA2WT x SA2XCG) (9-100)
+ (SA3WT x SA3XCG) .

+ (SABMWT x SABXCG)

+ (EEQIWT x EE1XCG) +

+ (EEQYWT x EEIXCG)

+ (HARNWT x EBXCG)

+ (STTPS x EBXCG)]/ SATWT

. SATYCG = [(EQBSTR x STRYCG)
- 4+ (EQWT x EBYCG)
+ (EQM1ST + EQMIWT) x EM1YCG
+ (EQM2ST + EQM2WT) x EM2VQc: -

+ (SAIWT x SA1YCG)

+ (SA2WT x SA2YCG) (9-101)
+ (SA3WT x SA3YCG)

+ (SABMWT x SABY.CG) .

+ (EEQIWT x EE1YCG) +. . .
+ (EEQIWT x EE9YCG)
+ (HARNWT x EBYCG)
+ (STPPS x EBYCG)]/ SATWT
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[(EQBSTR x STRZCG)

+ (EQWT x EBZCG)

+ (EQMI1ST + EQMIWT) x EM1ZCG
+ (EQM2ST + EQM2WT) x EM2ZCG

SATZCG

il

+ (SAIWT x SA1ZCG)

+ (SAZWT x SAzzE:G) (9-102)
+ (SA3WT x SA3ZCG)-

+ (SABMWT x SABZCG)

+ (EEQIWT x EE1ZCG) +. . .
+ (EEQIWT x EE9ZCG)
+ (HARNWT x EBZCG)
+ (STTPS x EBYCG)]/ SATWT

9.3.12 ' Incremental Moments of Inertia

_ ~The next step is to calculate the incremental moments of
inertia of the various coﬁponenté, i.e., equipment bay, mission
equipment bays, solar arrays, and external equipment. In order to
do this, the dimensions of the various shapes must be read from the
input data or (in the case of the equipment bay) from the earlier por-
tion of the model. ’

The incremental or individual moments of ine;'tia may now
be calculated for the various components. These inertias are calcu-
lated about the c. g. of the component and later are transferred to the
c.g. of the satellite. As an example, STRINX is the inertia of the
equipment bay structure about the x axis, STRINY about the y
axis, and STRINZ about the z axis.
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a. Equipment Bay Structure

1.

Cylindrical Shell

EQBSTI = EQBSTR + STTPS (9-103)
SATRAD = Satellite radius

= SATDAM/2 ‘ (9-104)
STRINX = EQBST! x SATRAD? (9-108)
STRINY = EQBST1/2 x (SATRAD® + EQBLG2/6)
STRINZ = STRINY. -
Box-Shaped Shell
STRINX = EQBSTR/12 x (2 x EQBSID)>
STRINY = EQBSTR/12 x (EQBSID? + EQBLG?) + (9-106)

(EQBSTR x EQBSID x EQBSID?)
% x (EOBSID + BEOBSID)
STRINZ = STRINY
Spherical Shell
STRINX = 0.667 x EQBSTR x (SATDA3/2)2
STRINY = STRINX (9-107)
STRINZ = STRINX '

b. Equipment Bay

1.

Cylindrical Vehicle

EQINX = (EQWT/2) x SATRAD?
EQINY = (EQWT/12)x[(3 x SATRAD?) + EQBLG? ] | (9-108)
EQINZ = EQINY '
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2. Box-Shaped Vehicle

EQINX = EQWT/12 x (2 x EQBSID?)
EQINY - = EQWT/12 x (EQBSID” + EQBLG")
EQINZ = EQINY
3. Spherical Vehicle
EQINX = 0.40 x EQWT x (SATDAM/2)>
EQINY = EQINX : {(9-110)
EQINZ = EQINX.
c. External Equipment . .
EEQIWT = External Equipment Number 1 - Weight
EEQIXL = External Equipment Number ! - Length in x ‘direction
EEQIYL = External Equipment Number 1 - Length in vy direction
EEQI1ZL -= External Equipment Number 1 - Length in z direction
EEIINX = -EEQIWT/12 x (EEQ‘IYL2 + EEQIZLZ)
EELINY = EEQIWT/12 x (EEQIXL® + EEQ1ZL) (9-111)
EEIINZ =. EEQIWT/12 x (EEQIXLZ + EEQlYLZ)
.+« ... to EEJINZ
NOTE: Total external equipment (EEQTWT) is sum of EEQIWT +
EEQZWT + EEQ3WT . . . etc.
d. ‘Solar Array‘s. ‘Arrays must be oriented with side parallel

to axes. If oriented (mowvable), inertia calculations are for
parallel position.

SAIINX- = (SAIWT/12) x (SA1YL? + sa1zL?)
SAIINY - = (SAIWT/12)x (SAIXLZ + 5A121%) (9-112)
SALINZ = (SALWT/12) x (SAIXLZ + SA1YLY) :
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SAZINX
SAZINY
SAZINZ

SA3INX
SA3INY
SA3INZ

= (SA2WT/12) x (SA2YLZ + sa2zL?)

= (SAZWT/12) x (SA2XL? + sa2z12)
= (SA2WT/12) x (SA2XL% + sazyL?)

=  SA3WT % SATRAD?

= (SA3WT/2) x [SATRAD® +(SA3XL%/6)]
= SA3INY

C.

EMIINX
EMIINY
EMIINZ

EMZINX
EMZINY
EMZINZ

EMIINX
EMIINY
EMIINZ

EMZINX
EMZINY
EMZINZ

Mission Equipment

1. Cylindrical Shape

EQMIST = Mission Equipment Bay Structural Weight
EQOMIWT = Mission Equipment Bay Equipment Weight
EMIRAD = EQMIYL/2 '

HEQMIST + EQM1WT}/2] x EMIRAD?

[(EQMIST + EQM1WT)/12] [(3xEM1RAD?) + EOMIXL
EMIINY

2
[(EQM2ST + EQM2WT)/2] x EM2RAD?

[(EQM2ST + EQM2WT)/12]x[ 3xEM2RAD?) + EQM2XL%]
EM2INY

2, Box-Shaped

[(EQMIST + EQM1WT)/12] x (EQM1YL? + EQM1ZL%)
[(EQMI1ST + EQM1WT)/12] x (RQM1ZL% + EQM1XL2)
[(EQMIST + EQM1WT)/12] x (EQM1YLZ + EQM1XL?)

+ EQM22L%)
+ EQM2X12)
+ EOM2XL%)

[{(EQM2ST + EQM2WT)/12] x (EQM2YL
[(EQM2ST + EQM2WT)/12] x (EQM2ZL
[(EQM2ST + EQM2WT)/12 1 x (EQM2YL

NN
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(9-113)

(9-114)

(9-115)

(9-116)

(9-117)

EOMIXL = Length of Mission Equipment Bay in x direction
EQM1YL = Length of Mission Equipment Bay in y direction
EQMI1ZL = Length of Mission Equipment Bay in z direction

(9-118)

(9-119)



9.3.13 Moments ;:f Inertia

?

After the incremental inertias (Io) about the component c. g.'s

have been determined, the total inertia of the satellite is calculated about

the complete satellite c. g. The equations take the form:

I +WY? + wzl
X (004

b
I}

2 2
I +WZ% + wx 9-120
y oy i { )

]
il

I + I. +WY2+WX2
Z 0z

a.  Satellite Total Inertia about X Axis

SATINX = STRINX + EQBSTR x[(SA.TYCG-STRYCG)Z-i-(SATZCG-STRZCG)Z]
+ EMIINX + EQMITO x[(SATYCG-EMlYCG)ZHSA:TZCG-EMIZCG)Z]

+ EM2INX + EQM2TO x[(SATYCG-EM2YCG)2+(SATZCG-EM2ZCG)%]
+ EQINX + EQWT x [(SATYCG - EQYCG) + (SATZCG - EQZCG)Z]
+ SALINX + SAIWT x [(SATYCG - SAIYCG) +(SATZCG - SAIZCG) ]
+ SA2INX + SA2WT x [(SATYCG -~ SA2YCG)?+(SATZCG. - SA2ZCG) ]
+ SA3INX + SAZWT x [(SATYCG - SA3YCG)?+(SATZCG - SA2Z CG) 2]
+ EELINX + EEQIWT x [(SATYCG- EEIYCG)ZHSATZCG EE1ZCG)%)

"+ EE2INX*.....+EEJINX

+ SABMWT x [(SATYCG - SABYCG)? + (SATZCG - SABZCG)?]  (9-121)

where:

EQMITO = EQMIWT + EQMIST (9-122)
EQM2TO = EQM2WT + EQM2ST '
b. Satellite Total inertia about Y Axis

SATINY = STRINY + EQBSTR x [(SATZCY - STRZCG)2+(SATXCG-STRXCG)2]

+ EMINY + EQM1TO x [(SATZCG EMlZCG) + (SATXCG-EM1XCG)%]
+ EM2NY + EQM2TO x [(SATZCG EMZZCG) + (SATXCG-EM2XCG)?]
+ EQINY + EQOWT x [(SATZCG - EQZCG)? + (SATXCG - EQXCG)%]
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+ SAIINY + SAIWT x [(SATZCG - SAIZCG)Z + (SATXCG - SAIXCG)Z]
+ SA2INY + SA2WT x [(SATZCG - SAZZCG).Z + (SATXCG - SAZXCG)Z]
+ SA3INY + SA3WT x [(SATZCG - SASZCG)Z + (SATXCG - SA3XCG)2]
+ EE1lINY + EEQIWT x [(SATZCG—EEIZCG)2+(SATXCG-EE1XCG)2]

+ EE2ZINY +. . . . . + EEJINY

+ SABMWT x [(SATZCG - SABZCG)Z + (SATXCG - SABXCG)Z] (9-123)

c. Satellite Total Inertia about Z Axis

SATINZ = STRINZ + EQBSTR x [(SATYCG - STRYCG)2+(SATXCG-STRXCG)Z]
+ EMI1INZ + EQMITO x [(SATYCG - EMlYCG)Z 4+ (SATXCG- EMlXCG)Z]
4+ EM2INZ + EQM2TO x [(SATYCG - EMZYCG) +(SATXCG - EMZXCG)Z]
+ EQINZ + EQWT x [(SATYCG - EQYCG) + (SATXCG - EQXCG) ]

+ SA1INZ + SAIWT x [(SATYCG - SAlYCG) + (SATXCG - SA1XCG) ]

+ SAZINZ + SA2WT x [(SATYCG - SAZYCG)Z + (SATXCG - SA.ZXCG)Z]

+ SA3INZ + SA3WT x [(SATYCG - SASYCG)Z + (SATXCG - SA3XCG)2]

+ EE1IINZ + EEQIWTx [(SATYCG-EE lYCG}2~+ (SATXCG-EE 1XCG)2]
+EE2INZ +.. ... + EE9INZ

+ SABMWT x [(SATYCG - SABYCG)? + (SATXCG - SABXCG)?] (9-124)

9.4 DESIGN LOGIC

The sequence followed in implementing, the design algorithm

is as follows:

a. Determine mission equipment bay, booms, mechanisms,
- and solar array descriptions.

b. Determine total weight and volume of equipment in the
equipment bay by summation of individual subsystem weights
and volumes.

c. Use sh_ape specified, solar array area requirement, plus maxi-
mum diameter to determine equipment bay dimensions.

d. Use equipment bay weight of equipment and length/diameter
ratio to determine equipment bay structural weight.

e. Calculate harness and thermal control weight.

1. Determine satellite gross weight.
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Calculate adapter weight.
Determine satellite launch weight {gross weight plus adapter)

Calculate center of gravity.

Calculate moments of inertia.

9-33



10. STRUCTURE

10.1 GENERAL

10.1.1 . Subsystemn Description

Satellite equipment can be classified into two general categories,
viz., mission equipment and support equiprriént. Mission equipment en-
compasses all equipment which performs a specific function related to
the satellite purpose, Cameras, heat sensing devices, and telescopes
are examples of mission equipment. Support systems equipment includes
all equipment which perform supporting functions within the satellite.
Examples are: stabilization and controdl, .auxiliary propulsion, commu-
nication and instrumentation, data processing, electrical power, and
thermai control. .

For purposes of the model, the structure containing the mission
equipment is considered separate from the structure containing the support
systems equipment. The two structures will be referred to as the mission
equipment bay and the systems equipment bay, respectively. Satellites
considered in the model will be constructed as a single cylindrical or box
type equipment bay with externally attached mission equipment bays as shown
in Figure 10-1. A maximum number of eleven mission equipment bays are
allowed including the possibility for one at the forward end and one at the
aft end on the center line of the systems equipment bay. The remairﬂng
mission equipment (or external equipment) bays are laterally positioned
at the for\.:va.rd and aft ends as well as in the middle of the systems equip-
ment bay sidewall. '

The location of most support systems equipment will not be

specified with sufficient accuracy to be considered in the structural design
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MISSION EQUIPMENT BAY
OR SOLAR ARRAY

/MISSION EQUIPMENT BAY

/ SYSTEMS EQUIPMENT BAY
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Figure 10-1, Typical Satellite Configuration
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process. The exception is the location of paddle-mounted solar arrays.
These may be locatiad laterally with respect to the systems equipment
bay structure, at the forward, aft, or middle of the sidewall.

Due to the individuality of the mission equipment bays, only
the systems equipment bay structure is considered in the model. How-
ever, the mission equipment bay and solar array attachment booms will
be included.

10.1.2 Subsystem Confj.guratioﬁs

There are three types (configurations) of construction appropriate
for the systems equipment bay structure'. These include the monocoque
shell, the stringer and frame-stiffened semi-monocoque shell, and the
truss structure. Due to the interest expressed by NASA in the semi-
monocoque structure, the Systems Cost/Performance Model includes
this configuration or type of construction. Both ends of the systems equip-
ment bay structure are closed-with the use of thin plate end covers.

The semiﬁmon;coque structure is a thin shell stiffened with beam-
like longitudinal stiffeners and ring-like frames 'é.sesl:lown in Figure 10-2.
Both the stringefs and frames are assumed to have rectangular cross
section s. ' . .

The lateral location of a mission equipment bay in the middle
of the systems equipment bay thin-shell sidewall requires a structural
member to transmit loads to other parts of the systems equipment bay
structure. For this purpose, a stiff ring or rib-like plate (1‘1enceforth
called a midsection bulkhead) will Bg: sized and lqcated in the middle of
the system equipment bay. ]

The mission equipment bay and solar array attachment booms
are designed as thin-walled tubes. These tubes are assumed to have cir-

cular cross sections.
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10.1.3 Configuration Compatibility

The structural configuration must be consistent with the
vehicle shape, Table 10-1 summarizes the compatibility reqﬁirements.
The only special requirement is that a spherically shaped vehicle is

generally constructed uging a truss.structure.-

Table 10-1.  Structural Configuration Compatibility

Structural ' Vehicle Sha_.pe
Configuration Cylinder ) Sphere Box
Monocoque Yes No Yes
Semi-monocoque Yes' ‘ No ' Yes
Truss o Yes Yes Yes

Legend: Yes - Compatible
No - Incompatible

10.1.4 Equipment Types

A design algorithm for a semi-monocoque circular cylinder;
or box-like satellite equipment bay structure has heen developed. The
design algorithm includes methods for sizing the elements of a stringer-
frame stiffened shell with plate-like end covers-and thin-walled tubular
mission equipment bay and splar array extension booms. In particular,

the following quantities. are determined:

a. Systems equipment bay structure
1. Skin thickness, t
2. Stringer width, ts
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Stringer height, b's

Number of stringers, n

Frame width, tf

Frame height, bf

Number of frames, m

Forward cover thickness, te
Aft cover thickness, ta

Midsection bulkhead thickness, ti
(when required)

c\ooo-a?\m»p.w

-

ot

b. Mission equipment bay and solar array extension booms
1. Nominal tubular radius, = '

2. Tubular wall thickness, tw

With this information, the preliminary design of the satellite equipment

bay structure is adequately defined for the purposes of the model.

10, 1.5 Design Criteria

The design of semi-monocoque structures requires considera-

tion of three different failure modes. These failure modes are:

a. Material failure.
b. Local buckling between frames.
c. General instability of the total structure.

In general, the latter two modes are critical for compression loaded
shell structures.

The first type of failure can be avoided by designing the
structure such that under no circumstances will alimiting parameter des-
cribing the material failure be exceeded. Such a parameter could, for
‘example, be the yield stress or ultimate stress of the material used in
the design. In the following design algorithm, the limiting material

parameter is the yield stress.
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Designing the structure to support a given load without the
occurrence of a staj:;ilit'y fé.iiure' as categorized in failure modes (b) and
(¢) above is not a simple task. Type (b) failure modes may be subdivided
into subclasses of failure. For exa;:ﬁple,‘ the "s}le_et Sforming the skin be-
tween the stringers ahd frames xanay.buckle as an edge-stiffened plate, or
‘the stringer itself may buckle as a consequence of column instaioility, or
finally, the skin-stringer combination may buckle between frames as a
result of longitudinally stiffe:ned panel instability as shown in Figure 10-3. Of
course, the general instability, mode {c) above, is characterized by
buckling of the- skin-stringer-frame combination (Fig. 10-3).

For desigﬁ pi;rposes, each type of instability (edge-stiffened
plate, column, 1ongitudin§.11y stiffened panel, or general instability) may
be characterized by !a. quantity. termed critical stress. The critical stress
is defined fo be that stress level above which the structural element being
analyzed will buckle. Since the structure is limited to function in an
elastic manner, the critical stress describing each mode of stability
failure must be less than or equal to the elastic limit of the structural
material.

There is no real pro]:;ienl in designing a semi-monocoque
structure capable of carrying a given load without material yield or
undergoing a stability failure. Since a satellite structure is of interest
here, the problem is to design a structure of minirnutﬁ weight., Using
the constraint that all modes of instability are avoided, a minimum weight
structure can be achieved if the structure is designed in such a way that
all modes of instability occur simultaneously and that the resulting ‘
critical stress be less than or equal to the material yield strength but
greater than the design stress resulting from the structural loads.

The factor of-safety selected for the model is 1. 25, a value
commonly used in design of satellife structures. This factor accounts
for uncertainties in material i)foperties, fabrication, loads, analysis, etc.

The satellite structure is-also as sumed to be constructed of a

single isotropic, homogeneous material such as aluminum. For design
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purposes, the material is completely determined by the specification of
Young's modulus (E), Poisson's ratio (v), weight density (P ), and yield

stres o ).
s ( Y)

10.2 INPUT DATA

The information required from the user to design the structure
is identified in Table 10-2. Table 10-3 lists the parameters which are fixed
(hardwired) within the mo‘del. In addition to the u;.ser supplied data, the data
outlined in Table 10-4 must be supplied by the vehicle sizing model.

Table 10~2. Input Data Supplied by User

Representative

Symbol {~ 7 Name Value

Location of mission equipment
Location of external equipment
Location of solar arrays

w Mission equipment weight (1b)

Ca Axial number of gravity accelerations 10
C

Lateral number of gravity accelerations

Table 10-3. Parameters Fixed in the Mocltal:"=

Symbol ) Parameter Descripti;:;n- Value
f:e Solar array extensions (in. ) 247
E Young's modulus {psi) 10
v Poisson's ratio ) 0.33
P Weight density (1b/in3) 0.10
GY Yield stress (psi) 3x 104

* These parameters are in general, variable. For present con-
siderations, however, their values are fixed. Changes to this
Program can consider values other than those listed.
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"Table 10-4. Input Data Supplied by Vehicle Sizing

Symbol Name
.Vehl;:le' shape
Solar array (electrical power) configuration
W Total satellite weight (Ib) ’
W,[; Equipment bay weight (1b}
L Equipment bay length (in.)
R Cylindrical equxpment bay ra.d1us (in.)
w’ Box-shaped equlpment bay width (in. )
R Spherical equipment bay radius (in.)
w, Solar array weight (Ib) T,
10.3 SEMI-MONOCQQUE CYLINDRICAL STRUCTURE
10.3.1 Structural Loads S -

The loads applied t‘o the satellite structure result from axial
and la.teral accelerations induced by the booster or kick stages durlng
the ascent conditions. The maximum g-loading in the axial and lateral
directions is denoted by c, and €y respectively.

In computing the design loads {6+ the semi-monocoque
structure, the satellite is represented as a cantilevered shell with con-
centrated masses. Therefore, the design loads will be limited to axial
loads due to the axial acceleration coupled with the bending and shear
loads caused by the lateral acceleration. .

When the midsection bulkhead is not required, the total satellite
weight (W) is located on the forward end of the systems. equipment bay.

For this case, the (_ie‘sign load (Pj in the axial direction is: o
P =1.25cW T (10-1)
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The lateral shear load (T) and bending moment (M) are: -

T = 1.25¢ W _ (10-2)
and

M=125cLW . . (10-3)
respectively, where L denotes the total systems equ1pment bay length
and 1.25 is the safety factor.

For cases requlrmg the midsection bulkhead the total satellite
weight is divided into two pa.rts: one-half at the midsection location and
one-half at the forward end of the systems equipment bay. For this case,
the maximum axial and lateral shear loads are unchanged from those given
in Equations (10-1) and (10-2), but the bending moment is:

3

M = 1.25(~) c LW {10-4)

4
For the circular cirlinder of radius {R), the maximum com-
pressive stress (0) due to the combined axial load and bending moment is:

o = £ 4 M - . (10-5)
ZTRt TRt

" where %, the equivalent thickness, is:
A

s
b

with t, AS, and b denoting the skin thickness, stringer cross-section

t

(10-6)

area, and stringer spacing, respectively. Since the stress can also be

defined in terms of the stress resultant (N) and equivalent thickness (t) as:

o = N (10-7)
= i
Equation (10-5) may be réwritten as:
. P M
N = SR + > {10-8)

TR

10-11



10.3.2 Design Equations

10.3.2.1 Interframe Stiffen-ed Panel

. The first step in the design of the semi-monocoque cylinder, is to
size the elements of the interframe stiffened panel. Assuming the inte;'frame
distance to be small in comparison to the cylinder radius, the effects of cur-
vature can be ignored, and the stability criteria for flat wide compression
columns is used. This type of structure experiences a flexural type of in-

stability for which the critical stress (UP) is:
2 .
. ) . 2 p
o = E%—P—} : (10-9)
P a

where a andp_ denote the distance between frames and the radius of
gyration per unit width of the stiffened plate, respectively. For the pre-~
sent study, the longitudinal stiffeners are assumed to have a rectangular
cross section with thickness (ts) and height (bs),.and they are spaced close
enough together to model the skin between stringers-as a long thin plate.

Denoting the stringer spacing by b, the plate buckling stress (Ucr) is:

2 2

m t

a = E (—-—) (10-10)
cr 3 (1 _ VZ) b

where t denotes the plate thickness and b the stringer spacing. Also,

the stringers may collapse under load if the critical stress (Us) used by
Almroth and Burns (Ref. 10-1):

2
o = ’E > ;5) ' (10-11)
24(1 Y ) s /

is exceeded.

Using the same techniques of dimensional analysis used by
Zahorski (Refs., 10-2 and 10-3) or Gerard (Ref, 10-4), the followiﬁg
combination of stresses given by Equation (10~7) along with Equations
{(10-9) and (10-10) can be derived:
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2 2
. 4 p_t :
R N [g,g.] i) o
P c‘r 3.(1_\)) .

For optimum design, all critical stresses are equal to each

other and to the applied stress. Denoting the optimum stress by g,

Equation (10-12) implies the result:

1/2 ' :
F = a[y—@-] : (10-13)

a

where ¢ denotes the efficiency coefficient of the panel and is defined as:

1/4 1/2
n -|—p1=> t |

3(1-\)2)' Lb T

For minimum weight, the optimum stress should be as large

(10-14)

as possible without exceeding the material failure limit. - However, for a
given panel geometry which limits the value.-of @, the wide column struc-
ture can only support some fixed value of load (N) without an insfability
failure. The corresponding stress value is generally much less than that
associated with material failure. Therefore, in order to optimize the
design, the panel efficiency coefficient (¢) is to be maximized within the
Iimitat.ions imposed by the geometrical constraints of the panel structure.
A plate stiffened with rectangular section stringers has an

equivalent thickness and efficiency coefficient given by:

t = t(1+rtrb) . {(10-15)
1/4 3 1/4
_ n? l:rt “b (4 + Ty J"b')]
¢ = (10-16)
12 1_\,2) [1+rtrb]
where:

1:s

rt = —-_E"'— . (10-17)
bs

Ty S g ‘ o (10-18)
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Again noting that for optimum design all critical stresses for
instability are equal, the use of Equations (10-10) and (10-11) gives the

following result:
' r, = 2,/2 r, (10-19)
Substituting Equation (10-19) into Eciuation (10-14) and maximiz-

ing @ with respect to ry» the results are:

¥y © 0.671 (10-20)
, -1/4
« = 0.745 (1 - v2) (10-21)
Substituting Equation (10-20) into (10-19),
r, = 1.90 (10-22)

Using Equations (10-11), (10-15), (10-17), (10-18), (10-20) and
(10-22), the optimum dimensions for the rectangular section stringer-stif-

fened plate-like wide column are given as follows:

t = 0.44% (10-23)

t, = 1.90t (10-24)
n’ B t 12

b, = v, (1 _vz) N t (10-25)

b = 1.49b_ (10-26)

It is observed that given the load (N) and the equivalent thickness (t),
the dimensions for the elements composing the stiffened panel
are completely determined.

For subsequent use, Equation (10-7) combined with (10-13)

gives the result:

1/2
t = l:——lﬁf—] (10-27)
K

The equivalent thickness (t)is related to the frame spacing (a) and the
i)anel cross-sectional geometry represented by the panel efficiency

coefficient (o),
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10.3.2.2 Frame Stiffener

Having developed the sizing methods for the interframe
stiffened panel sidewall, the second step in the cylinder design is to
size the frame stiffeners. The controlling criterion for the frame design
is the avoidance of general instability of the total cylinder structure.
By evaluating the results of a large number of bending tests of stringer-
frame stiffened cylinders, Shanley (Ref. .10-5) developed a stiffness

criteria, (EI)f, for the frames given by the relation:

) CfMD2
(EI)f = _—a:__— (10-28)

where M, D and a ¢ are the applied bending moment, diameter and frame
spacing of the stiffened cylinder, respectively. In order to avoid the occurrence
of general instability, the constant (Cf) wasg empirically determined ' to require

a value greater than 6,25 x 10" . By transforming the bending moment

into an equivalent resultant membrane load per unit distance of cylinder

circumference, the frame stiffness criteria can be rewritten as:

4 C 4

_ fR N
(BI), = ————— (10-29)
Cc

It is interesting to note Gerard (Ref. 10-6) represented the stiffened
cylinder as a compressed elastic column beam supported at discrete
points by elastic springs, and analytically found the minimum value of
C, to be 6.84 x 107",

As a n;eans of obtaining an optimum design for the stiffened
cylinder, a quantity called solidity is defined.” Solidity (T:c) is the ratio of

f

the volume occupied by the structure to the volume enclosed by the struc-

ture, l.8. 2“'REa +2'FT|RA:E )
ZC = Cz (10-30)
TR a,
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where Af is the frame cross-sectional area. Note that solidity is

directly proportional to structural weight.

Equation (10-29) can be.rewritten as:

: Y 4mC, r*n
AP & TTEa. (10-31)
C
Using Equations (10-27), (10-30) and (10-31), thé solidity -
can be rewritien as Tk ' ’
Loz | [Me 17z anC, RN
= R + ——— (10-32) .
c. Rilg2m|  malp?
c fc

Assuming the only open dimension in Equation (10-32) to be
the frame spacing ) the solidity can be minimized with respéct to thls

quantity.” This minimization gives the following re sults:

_ ' T T \2/5 4/5 ;.. \1/5- ,
a. (%:_) = (16-rr cfoz) : (E’B}__) (ENE) o (10-33)
C - .

b. Frame weight is one fourth the stringer-stiffened’
panel weight, i.e.,

1 s -
—4—-1: (10=34)

2 .
. o E 2 -
R S : (10-35)
1
12, op, 1M
= : ) R_.\|@ N|.
Pec = [16 ™ Cf:] ‘.(ac ) Eé!-c {10-36)
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For the rectangular frame cross section, the height (bfc)

is given as:

bfc = 3,464p fc (10-37)
while the width-(tfc) :'L_s given by:

i = A (10-38)

fe bfc

Observe, for a given load (N) and with the use of Equations
(10-23) through (10-26) along with Equations (10-34) through (10-38),
the stringer-frame stiffened circular cylindrical shell is completely

specified once the equivalent thickness {t)is determined.

10.3.2.3 Stiffened Cylinder Equivalent Thickness

The method for determining the equivalent thickness is based
upon a comparison of the weight efficiencies of stiffened and unstiffened
cylinders having the same length and diameter; and required to carry the
same compressive loads. Based upon past design data, the stiffened
cylinder is conservatively found to be at least three times as efficient as
an unstiffened cylinder and by comparing weights, the stiffened cylinder
thickness can be determined. .

- The critical compressive stress (0 mc) defining instability

of the unstiffened cylinder is given by:

2

TTz kCE (tmc) .
c = (10-39)
mc 12 (1 _ \)2') 1

where kc is a coefficient describing the relationship between the stress

found by theory and those determined experimentally and tmc denotes
the monocogque shell thickness. By defining the curvature parameter

(ZL) as: ,
2) 12 . ) :

zy =\ (10-40)
. mec .
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and using the procedure developed by Batdorf et al, which is described
in Gerard {Ref. 10-6) or Gerard and Becker (Ref. 10-7), the

coefficient kc is conservatively determined as follows:

For ZL < 31,

kc = 4 (10-41)
and for ZL> 31, T
kc = 0: 16 ZL (10-42)
From Equations (10-39) through (10-42), the thickness (tfnc)

of the unstiffened cylinder is determined to be the following:

For Z < 31, (1 ) VZ)NLZ 1/3

tmc = 0.672 ¢{ o (10-43)
and for ZL > 31,

. y1/2

£ = 2.7 12 DR (10-44)
where:

N = O'mc t e ‘ P (10-45)

Comparing the weights of the stiffened and unstiffened
cylinders, the following relationship can be derived:
A
t, o+ -gi- = % t e (10-46)

Substituting Equations (10-34) into (10-46), the equivalent
thickness (?:'C) of the stiffened cylinder is related to that of the unstiffened
cylinder by:

- 4

te = 15 tme (10-47)

Using Equations (10-43) or (10-44) to determine the unstiffenedﬂ
cylinder thickness, followed by the determination of the equivalent stif-
fened cylinder thickness given by Equation (10-47), the design of the
stringer-frame stiffened cylinder is completed with the use of Equations
(10-23) through (10-26) coupled with Equations (10-35) through (10-38).
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10.3.3 Design Logic

The design sequence for the stringer-frame stiffened circular
cylinder is developed in three steps. First, assuming the in{;er frame
distance to be small in comparison with the cylinder radius, effects of
curvature are ignored and the flat wide compression column stability criterion
is used for the design of the longitudinally stiffened panel between frames.
Using techniques applicable to the optimum de sign of flat wide compression
columns, the dimensions of the stiffened panel elements are determined
in terms of the equivalent panel thickness (I:-}.

The second step in the cylinder design is to size the frame
stiffeners. By application of a criterion for avoidance of general insta-
bility coupled with optimum de sigﬁ procedures, the frame dimensions are
determined. Analogous to the stiffened panel dimensions, the frame dimen-
sions are also found to be functmns of the equivalent panel thickness.

Since the 10ng1tud1na11y stiffened panel dlmensmns and the
frame dimensions are observed to be dependerit only on the equivalent -
pa.nel-th:i..ckness, the stiffened cylinder design is complete once this quan-
tity is determined. The equivalent panel thickness is found by first sizing
the thickness of a monocoque.shell having the same length and diameter
as the semi-monocoque shell and, based on past design data, sizing the
equivalent panel thickness by assuming the: semi-monocoque structure to
be at least three times as weight-efficient as the monocoque shell.

The detailed sequence followed in implementing the design

algorithm is as follows:

a. Input data.

b. Compute axial load and bending moment.

c. Compute equivalent axial load.

d. Size equivalent monocoque cylinder.
1, Assume short cylinder andl compute shell thickness.,
2. Compute curvature parameter and test short

i

cylinder assumption.

3. If assumption fails test, assume long cylinder and
recompute shell thickness.
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e. Compute equivalen;': thickness of stiffened cylinder.
f. Size skin-stringer assembly.

1. Skin thickness

2. Stringer thickness

3. Stringer-height
4, Stringer spacing
5. Panel efficiency
g. Size cylindez-' frames.
1. Frame spacing

. Frame radius of gyration

2

3 Frame area
4. Frame height
5

Frame thickness

10.4 SEMI-MONOCOQUE BOX STRUCTURE

10.4.1 Structural Loads

For the box shaped structural configuration, the critical

applied compressive stress is:
g = P - + 32}{_
4wt 4wt

Analogous to the circular cylinder, the resultant load per

(10-48)

unit length of the cross-section perimeter is:

P 3IM
N = Ay + 2
4w

(10-49)

10.4.2 Design Equations

10.4.2.1 Interframe Stiffened Panel

Assuming the box structure to be constructed of four stringer-
frame stiffened flat panels attached along their edges, plate theory can be
used to develop the design process for the box. For conservatism, the

common edges of each panel are assumed to be simply supported.” As for the
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circular cylinder, the skin-stringer structure between frames.is sized
using wide column criteria. Therefore, Equations (10-23) through (10-27)

also apply to the design of the interframe stiffened panel of the box structure.

10.4.2.2 Frame Stiffener

Using beam theory, Langhaar (Ref. 10-8) analytically
showed the minimum frame stiffness (EI)f required to ensure against the
occurrence of general instability of flat stringer-frame stiffened panels
with simply supported edges-is given by:
: X 4
(ED, = —>— AN : (10-50)

114 ay

In this equation, w and 2, represent the panel width and
frame distance, respectively. Applying the definition for radius of

gyration, Equation (10-50) can be rewritten as:

4 .
A = 4 w N (10-51)
£ 04 g, o2
b £b -

Assuming the frames to have a rectangular cross section of
height (b fb) and thickness (t fb) the solidity is given by:
Wtab + A P

L. o= {(10-52)
b Wabbfb

Substituting into Equation (10-52) the panel effective thickness i
and the frame area given by Equations (10-27) and (10-51), respectively,

and minimizing with re spéct to the frame spacing, the following results

2/5, ,\4/5, , 1/5
16 ~ w o~ N
—_—— - 10-53

(10-54)

are obtained:
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Therefore, frame weight is one-fourth the stringer stiffened panel weight

between frames.

Equations (10-27) and {(10-53) can be rewritten as:

2 .
0T E 2
ay = N tb (10-55)
1/4
2 2
4 w o~ N ]
p = (10-56)
fh ﬂz ab Eab

With the specification of a rectangular section frame, the

height is given by:

bfb = 3,4640 b {10-57)
and the width is given by:
Ay
t T —— (10-58)
fb bfb

As with the stiffened cylinder; for a given load (N) and with
the use of Equations (10-23) through (10-26) along with Equations (10-54)‘
through (10-58), the stringer-frame stiffened panel is completely specified
once the equivalent thickness ( .{b) is determined. The design of the box

structure is complete with the sizing of each of the panels as specified.

10.4.2.3 Sﬁffened Panel Equivalent Thickness

Analogous to the determination of the circular cylinder equiva-
lent thickness, the flat panel equivalent thickness is determined by com-
parison of the structural weights of stiffened and unstiffened panels. In
the elastic region of material capability, the analysis of panel efficiencies
discussed in Gerard (Ref. 10-9) shows the stiffened panel to be con-
servatively three times as weight-efficient as an unstiffened panel.

‘The critical compressive stress defining instability of the
unstiffened panel is given by:

2 ‘ 2
™ kCE ( tmb)
8] = (10-59)
mb 12 (1 . \32') W
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where kc is a coefficient describing the mode of instability experienced

by the panel.

FOI‘ L/W E 0- 5: A 2-
k = e—_ P

k =4 (10-61)

and for L/w> 0.5

Using Equations (10-57), (10-60) and (10-61), the thickness

of an unstiffened panel is determined by the folllowing:

For L/w = 0,5

.31/3
¢ _{lZ(l-vz)NLz } 10-62
b - 2 ( - )
m TYE
and for L/w> 0.5:
. } 1/3 .
. 2 2
m T°E
whereas, for the cylinder:
N=0.b ‘mb (10-64)

Comparing the weights of the stiffened and unstiffened panels,

the following relationship can be derived:

A
+ £ =

®p
Substituting Equation (10-54) into (10-65), the equivalent thickness of
the stiffened panel is related to the unstiffened panel by:

- _ 4
b = 15 ¢

Using Equation (10-62) or (10-63) to determine the unstiffened

t

1
L 3 tmb (10-65)

(10-66)

mb

panel thickness followed by the determination of the equivalent stiffened
panel thickness given by Equation (10-66), the design of the stringer-frame
stiffened box structure is completed with the use of Equations (10-23)
through {10-26) coupled with Equations {(10-54) through (10-58).
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10.4.3 Design Logic

The procedure for sizing the box type semi-monocoque struc-
ture is exactly analogous to the stiffened circular cylinder. The side
panels between frames are sized as longitudinally stiffened wide columns
while the frames are sized to avoid general collapse of the stiffened
structure. The dimensions for the structural elements are again deter-
mined in terms of the equivalent panel thickness. As for the stiffened
cylinder, the equiva..lent panel thickness is found by comparing the relative
weight-efficiencies of stiffened and unstiffened structures,

The detailed sequence followed in implementing the design

algorithm is as follows:

a. Input data,

b. Compute axial load and bending moment.

c. Compute equivalent axial load.

d, Compute equivalent monocoque box shell thickness based on
the length/width ratio. )

e, Compute equivalent thickness of stiffened box.

£, Size skin-stringer assembly.

. Skin thickness
. Stringer thickness

1

2

3. Stringer height
4, Stringer spacing
5

Panel efficiency

2. Size frames.
1, Frame spacing
2. Frame radius of gyration
3. Frame area
4, Frame heighi:
5.‘ Frame thickness
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10.5 END COVERS AND MIDSECTION BULKHEAD

10,5.1 Structural Loads

The actual loads applied to the end covers and midsection
bulkhead cannot be specifically determined since location and attachment
of support systems equipment are not specified, For this reason, a portion
of total satellite weight (W) is assumed to be uniformly distributed over the
surface of the forward and aft end covers as well as the midsection bulkhead.
.In general, the uniform applied load (w) for these structural elements is

written in the form:

1,25fc W
a

w = ——:‘_L-—_— ) (10-67)

where f and A denote the fractional portion of the total satellite weight
and the area of each of the above elements, respectively. The safety

factor is 1 25. The quantity (f) is assumed as follows:

a; Forward end cover: f = 0,25

b. ~ Midsection bulkhead: £ = 0.50

c. Aft end cover; f = 0,25
16.5.2 Design Equations

Basically, the forward and aft equipment bay end covers are
assumed to be flat plate-like elements which extend across the ends of the
stiffened cylinder or box-type structure, Thus, the lateral dimensions are
fixed and the thickness is to be dete rmined. The boundary conditions for
the _co{ré_rs are assumed to be simple support.

First, consider the circular cylindrical systems equipment bay
structure.v For a uniformly loaded circular flat plate with simply supported
edge, the maximum tensile stress (oma.x) is_given by Roark (Ref. 10-10)

as:
3F

8t

(3 + V) ) (10-68)
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where t and F denote the plate thickness and total applied load, respec-
tively. Since plate thickness is the quantity of interest, Equation (10-68) can
be inverted to give: ;
1/2
(3 + v) (10-69)
ax

3F
8TTO'm

Recalling Equation (10-67), the total applied load on the forward

cover is:

= N : ,
F = l25c_—; . . {10-70)

and similarly for the aft cover:

F = 1,25 caW/4 (10-71)

where W denotes the total satellite weight.

Since the maximum allowable stress is the material yield stress
(GY)’ the forward end cover thickness (te) is:
15¢ aW 1/2 .
te = "1—2"8-'1':;0__ {3 + v) (10-72)
¥y
Since the applied load on the aft cover is identical to that of
the forward cover, the aft end cover thickness (& a) is:
t =t (10-73)
a e
For the box-type systems equipment bay structure, the maximum
tensile stress in a uniformly loaded square plate with simply supported
edges is given in Roark (Ref. 10-10) by:

_ _0.2208F . .
O nax = —ti-—~—- {1+ v) (10-74)
By inverting this formula, substituting for F with Equation
(10-70) and limiting stress to the yield value, the plate thickness of the

forward end cover is found to be:
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caW_ 1/2°
te = 0.069 GY (1 + v). (10-75)_

Analogously, using Equations (10-71) and (10-74), ‘the aft end

cover thickness is found to be:

b, =t (10-76)

The midsection bulkhead is arbitrarily chosen to be an annular-
like shape having a centrally located hole of three-fourths the systems
equipment bay lateral dimension in size., For simplicit;}, both the circular
cylinder and box-like structure midsection bulkheads will be sized as uni-
formly loaded annular plates. For the box structure, the radius is assumed
to be:

R =% ' (10-77)

The maximum stress induced in a uniformly loaded annular ring ’

with simply supported edges from Roark (Ref. 10-10) is:

1.72w RZ
o = £ 0.418 + 0.036 \)J (10-78)
ma?: tZ
where:
0.455 caW
Wm e B e (10-79)

Inverting Equation (10-78) and substituting the material yield
stress as the maximum allowable stress, the midsection bulkhead thick-

ness {t.) is:
t . 1/2
1.72 w R
t, = S

1 ¢
y

The design of the midsection bulkhead is comﬁleted.

[0.418 +0.036 v] : (10-80)
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10.5.3 Design Logic

After the side wall structure of the satellite systems equipment
bay has been sized, the end covers and midsection bulkhead are designed. -
These elements are sized as thin flat plates with simply supported boundary
edges. The material yield stress is used as the maximum allowable design

stress.
The sequence followed in implementing the design algorithm

is as follows:

a. Input data.

b. Compute forward cover thickness.
C. Compute aft cover thickness.
d. Determine if midsection bulkhead is required (external equip-

ment or solar array paddles mounted on the midsection).
1. Compute applied load
2. Compute midsection bulkhead thickness

10.6 " MISSION EQUIPMENT AND SOLAR ARRAY EXTENSIONS

10,6,1 Structural Loads

The loading condition for the mission equipment bay and solar
array extension booms is dependent upon their location. For mission
equipment bays located on the ends of the systems equipmer-xt bay along
the satellite centerline, the applied load has an axial force component
given by: ’ :

P, = 1.25 c, W, {10-81)

and a lateral bending moment component given by:
M = 1.25c 4 W (10-82)
a e’e e

where We and ze are the mission bay total weight and the extension
boom length, respectively. For mission equipment bays or solar arrays
positioned laterally with respect to the systems equipment bay sidewall

structure, the critical applied load has two bending moment components:

10-28



one due to the axial acceleration and one due to the lateral acceleration,
These two bending moments combine to form a single bending moment of

the following magnitude:

e

2 5 1/2 :
MJ?, = 1.25£eWe(ca +c ) ‘ (10-83)
Again, note the l.25 safety factor.

10,6,2 Design Equations

. The mission equipment bay and solar array extensions are -
deg,igned as thin-walled circular tubes, The length of each extension (Ee)
is assumed fixed by geometrical constraints imposed by location and size -
of the mission equipment bay, or solar array with respect to the system
equipment bay., The quantities to be sized are the tube radius (r) and the
wall thickness (tw,)' The design algorithm uses appropriate considerations
for structural stability and material failure.

For mission equ{pment bays located at t.he forward or aft end
along the satellite.centerline, the applied loads are the axial force and
bending mc;_rnent given by Equation (10-81) and (10-82), respectively, For
mission equipment bay or solar arrays positioned laterzlly with respect
to the systems equipment bay, applied load is the single equivalent bending
moment given by Equation (10-83), _

For a thin-walled tube, the tube coli1_inn flexural-instability

critical stress (O‘E) is given by:

2 2 .
. m E r
Op = 5 (,2 ) (10-84)

e

while the local critical buckling stress (UW) of the thin wall is given by:

t
._ _E w -
O = —i— ( - ) (10-85)
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The applied stress is:

.
O = Furty ~ (10-86)

where F is the equivalent axial load. For the mission equipment bays

located at the forward or aft end along the satellite centerline:

F =P + 2 (10-87)

where Pa and Ma are given by Equations (10-81) and (10-82), ‘respectively.
For mission bays or solar arrays positioned laterally with respect to the
systems equipment bay, the equivalent axial load is: '

2M ‘

_ 2 '
F o= — (10-88)

Using techniques of optimum design, Gerard (Ref. 10-6)
deduced the following optimum dimensions for compression loaded thin

walled circular tubes:

1/2 '
_{2F
1:W‘ B (‘ITE ) (10_8?)
1/6
F£e4
r =\ {10-90)
2 B

The optimum stress (00) is found to be:

> 1/3
o = ..TJ...].E.“_E_ (10-91)

o 16 4 %
e

For the satellite centerline mission bay location, Kquations
(10-87), (10-89), and (10-90) can be combined to give:
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7 Pa.ﬂe Maﬁ -
r - —=g— r - ___g__e_ =z 0 ’ {(10-92)
2 Wl
5 ZMa 1/2
tw S|TE [Fat T (10-93)

Of the seven roots of Equation (10-92), only one is real and positive and
corresponds to the desired tube radius. ZFor laterally located mission

equipment bays or solar arrays, Equations (10-88), (10-89) and (10-90)
can be combined to give:

1/7
M g ¢

R , . (10-94)
mn B

1/2
4M,

tw = wEr | (10-95)

Substituting the solutions of Equations (10-92) and (10-93) or
(10-'-9_4) and {10-95) into Equation (10-»91),.the optimum stress is computed.
By corﬁparing the optimum stress with the material yield stress, the
validity of using Euler column instability can be verifiéd. It Ts ié; less
than Oy the use of Equations (10-89), (10-90), and (10-91) is valid, If
0, exceeds g, the use of Euler column instability and therefore Equations
(10-89), (10-90) and (10-91) is not valid; however, the local buckling of the
tube wall is still an applicable criterion. )

If Eu1e1: column instability is not valid, tl_le maximum applied
stress as well as the critical buckling stress of the tube wall is limited
by the material yield stress, Using the yield stress (o'y_) and Equations
(10-85) and (10-86), the tube dimensions for the mission equipment bay

extension located on the satellite centerline are found using the following:
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3 a v -
tw - TE fw - == 0 (10-96)
Tk
Et
ros g _ (10-97)
y

Note that Equation (10-96) has only one real positive root
corresponding to the tube wall thickness. Analogously, using the yield
stress(cy) and Eciuations (10-85) and (10-86), the tube dimensions for the
mission equipment bay or solar array exténsions laterally located with

respect to the systems equipment bay are found from the following‘:

l6¢ Mz 1/3
top ={————Ls - (10-98)
W 2
nE .
Et .
_ W
r = gz (10-99)
b

Since the length (ﬂe) is assumed specifie&, the design of the
mission bay or solar array extension is complete once the nominal tube

radius (r) and wall thickness ( t W) are determined.

10.6.3 Design Logic

The design of the thin-walled cylindrical tubes used for the
mission equipment bay and solar array extension booms is accomplished
in two steps. The procedure will start with the assumption that the design
is governed by Euler columm flexural instability coupled with local side
wall instability criteria. If the critical instability stress found with this
assumption exceeds the material yield stress, Euler column sta.‘i:)ility no
longer applies, The design procedure will then be based on flexure of
the tube as a simple beam coupled with local side wall instability., The
maximum allowable stress specified for this condition is the material

yield stress,
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The detailed sequence followed in implemeﬁti_ng the design

algorithm is as follows: =

a. Input data..

b. , Compute axial load (if located on vehicle centerline) and
©  bending moment.

¢. . Assume applicability of Euler column stability.

d. Compute nominal tube radius.

e. . Compute tube wall thickness.

f. - - Check for applicability of Euler column stability.

g. - If Euler column stability not appllcable, recompute ftube wall
thickness and nominal tube radius.
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11. RELIABILITY

11,1 GENERAL .

The reliability model improves the reliability of the spacecraft
design through redundancy by optimum allocation of weight or cost reserves
between redundant hardware and expendables, subject to constraints on
total satellite weight or cost. The principle of operation is to increase the
level of redundancy of a single module, and then to update the system mean
mission duration (MMD) or system reliability calculations to determine the
change per unit of weight or cost. This is repeated for each module, and
the "most profitable" redundancy is'ilnplemented. _This process is repeated
until requirements are met, resources are exhausted, or returns are no
longer sufficiently profitable. .

A sketch-of the program data flow is shown in Figure 11-1.

The input data is read, and an initial calculation of spacecraft expense,
reli:a.bility at truncation time [R{TRUNC)], and mean mission duration

is made. The term '"expense' means cost or weight, whichever is selected
as appropriate. R{TRUNC) represents the resultant spacecraft reliability
functions, with consideration given to redundancy. The MMD represents

the expected duration of the mission before failure and is given by

TRUNC
MMD = f R(t)dt (11-1)
- 0 .

where R(t) is the spacecraft reliability function at time(t) and 0 £ + £ TRUNC.
These initial calculated values are printed, and the computer
then adds a single redundant element to one of the online modules and

calculates a new spacecraft reliability function and a new spacecraft
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REQUIREMENT
MET

FINAL QUTPUT

PRINT
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PRINT NEW

Figure 11-1, Reliability Model
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expense. This is repeated for each module where redundancy is available,
and the spacecraft MMDs and expenses are calculated in each case. The
single redundant module offering the greatest payoff (RHO) as defined
by: )

_ AR(TRUNC) __. "

RHO. A cost ’

AMMD

b cost’
_ AMMD
" b weight ’

AR(TRUNC)
A weight J-

RHO =
3 (11-2)
RHO

or’

RHO =

is selected. Then three tests are applied:

a. Is RHO large enough:? The threshold for RHO is preselected
b.'r Is fh_e MMD or R(TRUNC) still short of- the requirement?

c. Is system weight less than the maximum allowable?

If these tests are passed, the new results [expense, R{TRUNC) and MMD]
are printed and the computer begins the selection process-, again. This
lor;p is retraced until one or more.of tl:Le tes;ts is failed. Then the final .
configuration is printed out, including expense, R(TRUNC), MMD, and

a module-by-module description of the level of redundancy selected.

This co;ﬁiguration is récognized as optimum subject to the MMD and

weight or cost constraints imposed in the input.

" It-is recognized that the approach does not consider all possible con-
figurations. In the model, cross-strapping is not a variable. Nor is it
possible to increment redundancy in more than one mode within a given
module. However, within the constraints and assumptions of the present
general programming effort, the model is sufficiently accurate.
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For modular redundancy to be effective and implementable,
an equipment-status monitoring system must be included in system design.
This monitoring system must have two characteristics:
a. It must be comprehensive, i.e., the monitoring system must

be sufficiently complete to provide a high probability of
detecting any failure in the operating equipment.

b. It must be fairly reliable to minimize the probability of
false alarm and unnecessary corrective action.
The probability of detection (PD) of a system module
failure, which is the probability of detection of an out-of-specification
condition of any functional parameter, is determined as
PD = PX) P{M) (11-3)

where

P(X) = probability that the out-of-specification parameter
‘was monitored by the failure detection system sub-
sequent to the failure.

P(M) = probability that the monitoring system is function-
ing properly at the time of the failure.
The concept is shown in Figﬁre 11-2. .
P(¥) is determined by system design and may be répresented

as;:

P(X) = failure rate of failures detectable by monitoring system
total failure rate

1=

- (11-4)

P(M)} is the reliability of the monitoring system. ‘- In géneral,
there will be more than one monitoring subsystem, each designed to
monitor different parameters (e, g., voltage, pressure, tempterature).
P(MX) is the reliability of that portion of the monitoring system that

monitors a given parameter X. Then, as in Figure 11-2:
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P(My) = Ry, (8) = exp (-3y, ©) (11-5)

X X
and
n ) ‘n
RM(ff) = ” RM (t) = exp <- > A B ) (11-6)
X=1 X .o X=1 X
whe re
Ay = failure rate of that portion of the monitoring system
X assigned to parameter X, one of n parameters
monitored .
RM(t) =. reliability (probability of successful operation to

time t) of the entire monitoring system.
Then, the probability of detection P,(t) of any failure in the system to
time(t)is given by

N n
d
P_{t) = exp (-— Z A t) (11-7)
D Y N o1 MX

t
A reliability diagram for this system is shown in Figure 11-3.
The false alarm rate refers to the frequency of failures

a. in the sensor/signal processor, which make up the monitor-
ing subsystem, resulting in a command to the switch to
change state.

b

b. in the system selection switch, which results in a _state
change without a2 command.
The result of such a_fa,ilure, in either mode (a) or (b), is
that an active, properly functioning unit is switched off-line. (In the
- single-string case, no switching would be.done, but erroneous status
reports would go to the user; sacrifice of mission objectives would
result.) If redundancy is available, then this situation will not de grade
performance immediately, but will likely result in a shortened mission

duration. However, if redundancy has been invalidated through previous
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real failures, this inadvertent switching will degrade mission performance.
In this latter case, the use of a "locked in'' switch is to be recommended,
i.e., a switch that cannot change state if no redundancy is present,
This approach does not consider false alarms resulting from a
spurious output of the operating equipment into the monitoring system,
such ag an out-of-specification electrical spike caused by noise. Here,
only hard failureg of the monitor or switching subsystems are considered.
As a typical example of how the false alarm probability would
be calculated, consider the model shown in Figure 11-4, For this case,

the probability of a false alarm is given by

Po(t) = 1 - exp [(-AM + )LSF)t] (11-8)

F
where X\gp is the portion of the switch failure rate that is linked to a
change of state without a command from the monitor subsystem and

AM7 is that portion of the monitoring system failure rate which is linked
to a false indication of failure being generated by the sensor.

The failure detection probabilities and false alarm proba-
bilities are not calculated explicitly in the reliability models, since
monitoring and switching equipment have not been defined in detail.
Rather, the total sense/ switch‘failure rate is utilized in the standby
mode only (see Table 11-4}), Further refinements can be made; how-

ever, this is a second-order refinement from the standpoint of accuracy.

11.2 INPUT DATA

The system must be described on a module~-by~-module basis,
where a module is taken as the lowest subdivision of equipment which is
a candidate for redundancy. The general model inputs provided by the
user are defined in Table 11-1. If the user sets the subsystem require-
ments option gnd does not specify the subsystem reliability requirements,
Section 11.2.1 describes how the model calculates these requirements
for the user. Data for each piece of equipment selected from the data
base is summarized in Table 11-2, Table 11-3 summarizes the data
required from each subsystermn., Table 11-4 lists the parameters which

are fixed (hardwired) in the model.
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Table 11-1. Input Data Supplied by User

Parameter Description

Option

Expense option

Initial expense

Initial reliability
Maximum weight permitted
Mission length '

Requirements option

System requirements-
Subsystem requirements option

Subsystem requirements

Weight or cost

Could be zero
Could be 1.0

Truncation

time

No single- point- failures

allowed or single-

start
R(TRUNCQC),

1:vyes; 2:

R(TRUNC),

string

MMD

no

Table 11-2. Data Supplied'by Data Base

Symbol - Name"~
MODL Failure model
A Module failure rate
vl Module mean life
. Standard deviation.of
module life
q Dormancy factor - )
NM Total number of redur}‘dant
eléments in module
EXPM Module expense (weight or
cost) e
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Table 11-3., Data Supplied by Subsystem Models

Subsystem Symbol ) Name
All DC- Duty cycle
All N Number of active elements {initial)
All M Number of standby elements (initial)
All R Number of required elements
EP 'I']3 Battery operating temperature
EP D Battery depth of discharge”
EP C Battery cycle rate
EP Nc Number of cells per battery
EP Rc Number of cells required per battery
S&C NO Orbital mean motion
S&C eax Roll control deadband
S&C DT Thruster on-time
VS Jx Roll moment of inertia
Vs Dx " Roll moment arm
APS F Low-level thruster force
APS Fc Thruster cycles per hour
APS He Mean depletion time of expendables
APS Og Standard deviation of expendables depletion
time
APS De Expendables expense increment

*The battery depth of discharge is inversely proportional to the number
of batteries selected by the reliability model.
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Table 11-4. Parameters Fixed in the ln\fiodel"';

Symbol Parameter Description . Value
A, | Sense/switch failure rate 120 failures/10° hr
|| Payoff threshold, MMD 0.2 hr/kg
RHOTH ' 5
Payoff threshold, R(TRUNC) , 2.2x 10 " /kg
A, | Expendables life increment . 2190 hr
AG Expendables life standard dev. 365 hr
increment
R~ | Number of cells required per battery RC = Ng

11.2.1 Subsystem Reliabilities

Certain reliability parameters within the model can be specified
or not as the user desires. The subsystem reliability time requirements
are such parameters., In the‘ case that the user elects not to specify these
reliability values, then representative values are required which are re-
lated in a logical fashion-to the system-level reliability parameters-that the
user has specified. A method for determining the representative values is
described below.

There are two possible cases in which tﬂe user can exercise the
model without specifying subsystem reliabilities: by specifying system
reliability at a given time and leaving MMD unspecified, or by specifying
both system reliability (at a given time) and MMD. These will be con-

sidered separately.

ate - ) - ’ ) y ‘= -

*These parameters are, in general, variable. -For present considerations,
however, their values are fixed. Changes to this program can consider
values other than those listed.
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a, R(T) Specified.

This means that R(T) and T are both given. Then,

1. Fit a ‘Weibull function to this single point by letting

() = o~/

{11-9)
where B = 1.6 (based on available data).
2. Determine the value of was
o = T 75 (11-10)
[-1n R(T)]
b.  R(T) and MMD Specified

In this case, & is determined as _

@ = max T MMD (11-11)

[—ln R(T)]l[ﬁ, ! 0.88

¥

In practice, this maximum will usually be the first expression
in the braces, coinciding with the previous case. For generality, the other
possibility is included.

Once @ is determined, the subsystem reliability values can be
determined as follows:

%sc 7 30w and Ryq = e'(T/Q’sc)B

%ap = 5.3 and E.{AP - e“(T/aAP)‘?

Ypnpp = 3. 3¢ and RDiDI - e-(T/aDPI)B

¥ = 3.0« and Rp = e'(T/dC)B (11-12)
Ypp = 4.52 and I%Ep - (Tl

g = 1. % and RME - e—(T/Q,ME)B

where B = 1.6, as before.
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Here, Ri is the allocated subsystem reliability. The pro-
portionality factors relafing the system « to the subsystem a’i's are taken
from actual data on the NATO III, DNSS and DSCS-II programs.

11.3 FUNJC TIONAL DESCRIPTIOﬁ

When the baseiine (starting point) system has been defined,
the initial MMD determination is made as follows:

For module I, the appropriate mathematical model is exercised.
The value of the reliability function for this module is calculated for one
value of time, T(I). This process is repeated for each module in the system,
and for each of 31 time values ranging uniformly from t =0 to TRUNC.
These reliability-time values are stored in an array of dimension 31
by NM, where NM is the number of modules in the system. Call
this array RARRAY (Figure 11-5). Then 31 -system (spacecraftj
reliability values are formed by taking the product of the NM values asso-
ciated with each time value (the rows of RARRAY). This gives the system
reliability-time curve which is then integra.t‘ed (using a Slmpsc;n integration
scheme) to give the MMD.

The value of system reliability at the time of truncation,
R(TRUNC), is simply the product of NM module reliability values at the
largest time point.

In the case where a system requirement exists on R(TRUNC)
but not on MMD, the array RARRAY would be of dimension one by NM,
with the single time point being the time of truncation.

The initial system expense (cost or weight) is merely the sum
of the initial expenses of each module and of the fixed expense (e. g., cost
or weight of the mission equipment).

The incremented MMD and R{TRUNC) values, i.e., the new
values resulting from the addition of redundancy, are determined as

follows:
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R[1, T(0)] R[2,T(0)] . . . . . . R[NM, T(0)]

R[1, T(1)] R[2Z,T(H] . . . . . .R[NM,T()]

R[1, T(2)] ' R[2,T(2)] . . . . . . R[NM, T(2)]
R[1, T(L)]

R{1, T(29)] . . R[2,T(29)]. . . . . . R[NM, T(29)]

R[1, T(30)] R[2, T(30)]. . . . . . R[NM, T(30}]

Display of RARRAY

31 Rows, NM Columns .
T(30) = Truncation Time (TRUNC)
NM = Number of Modules

Figure 11~-5. Reliability Array
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The level of redundancy of module I is increased by adding
one element’in the apprc;prlate mode (active, standby). The appropriate
mathematical model is then exercised and new reliability values are cal- .
culated for module I at 31 time points. The 31 values in RARRAY which
"correspond to.module I are replaced by the new set of 31 values and
system MMD and/or R(TRUNC) values are calculated. The anxjements
in MMD and/or R{ TRUNC) resulting from the addition of redundancy to
module I are then calculated and stored’in another array (RDELT) Then the.
original 31 rehablhty values are replaced in RARRAY for module I and
the process is- repeated for module I + 1 until all NM modules have been
modifiéd in this way, and RDELT has NM values. Wheén one module (e. g.
module J) is selected as the most profitable module to be made redl.;.ndant the
31 reliability values in RARRAY for module J are replaced by the 31 new values
with the level of redunda.ncy for module J incrementéd by one element.
The new RARRAY thus defined is the starting point for the next iteration.

The éystem expense increment for each redundant element
added is simply the expense of the redundant element.’ .Each. veilue_ir} .
RDELT is divided by the expense of the appropriate redundant element.
Then RDELT is a collection of payoff values, the lafgest_of which de-

termines the most profitable module for redundancy.

In the case where R(TRUNC) requirements exist for
subsystems, the same redundancy_a.llocatipn proceduré will be
followed for each subéystem séparately. For examplé, in. subsystem
K, there will be NM(K)moduleg, Then RA.RRAY (K} will: contain NM(K)
columns of the system RARRAY, each w1th 31 rows. Similarly RDELT
(K) will contain payoff values for subsystem K. When subsystem K ‘and
all other’ subsystems have been optimized with respect to redundancy,
the system RARRAY will be formed and the system reliability-time curve
generated and integtrated as before to arrive at system-level R{(TRUNC)
and MMD.
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1f system MMD and/or R{TRUNC) requirements are speci-
fied by the user, and if redundancy implementation proceeds to the point
that the requirements are met, the bProgram stops.

A payoff threshold value, RHOTH, can be specified by 'the
user. This means that the optimization proceés would stop if the
payoif values were less than a predetermined amount (the threshold).
For example, if system expense is measured in weight and the system
reliability parameter of interest is MMD, then the payoff threshold value
would be measured in hours per kilogram. This would correspond to the
units of RDELT. If redundancy implementation proceeds to the point
where none of the values of RDELT exceed RHOTH, the program stops.*

For module I, a maximum allowable number.of elements,
initial plus redundant, is specified. When this limit is reached, no
further redundancy is possible for module I. The maximum number of
elements allowable in'the system is the sum of the modular maxima.
When the system maximum has been reached, the program stops.

When one.or more of the above tests results in program
stoppage, the final configuration is printed out, including the number of
elements of each module, modular and system expense, system MMD,
and the s;zrstem reliability-time curve. See Figure .~11—6 for:typicé,l

flow.

11.4 MATHEMATICAL MODELS

The mathem;.tica.l models or algorithms mentioned in
Paragraph 11.3 are described in the following paragraphs. The selection

of a particular model for a given module depends on the nature of the

ke

It is conceivable that the initial slope could be less than the threshold.
To avoid the '"can't get started" situation, the slope threshold check
could be suspended until some redundancy-has been implemented, say
20 percent of the available expense (or some appropriate number), and
then the slope can be checked at the last step. Or, alternatively, the
slope can be tested at the 5th (or 10th or 20th) increment.
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hardware in the module, and on the operating mode for redundant elements

within the module. The parameters used in the exercising of the models

(failure rates, duty-cycles, etc.) are described in 'Tables 11-1 through 11-4,
The reliability-time function of a giv\en module can normally

be calculated assuming uniform operation with a given duty cycle through-

out the system mission. There are some equipments, however, which

are required to operate only during the first few hours oxl d.ay-s of a mis-

sion and are not used thereafter. In this ""pulse operation" case, the

31 reliability values will be determined as follows:

R[I, T(0)]

1.0 , (11-13)
R[I, T(L)] , 31

R(Tp), L = 1,2, ...

where .
TP is the pulse width (duration of operatior;) and the R-values

are determined from the appropriate mathematical models as defined

below.
11. 4.1 Model 1

Model 1 is a general algorithm for calculating the reliability
of a module with N elements active, M standby, R required, with
duty cycling. Tt is applicable to elements with exponential reliability
distributions. Model 1 considers, for constant failure rate devices, equip-

ments with

a. N units active, of which R are required;
b. M units in standby, with 0 s g <1,

Duty cycling of active units as

= A [DC + (1-DC) q] (11-14)

A effective active

d. Sensing/switching equipment, considered to be in the standby
mode and in series with each standby unit (this is an approxi-
mation to reality). .
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e. The u‘nplementatlon philosophy is to switch-on {activate) a
standby unit immediately upon failure of an active unit (i.e.,
maintain hot spares) rather than to allow N to shrink to R
before activation of standby unit. .
This model could be made more accurate and complete by a more compre-
hensive consideration of smtchmg implementation; however, thlS isa
second-order refinement from the standpomt of accuracy
When Model 1 is used in implementing redundancy, a test is
made on q (the donna;hcy factor). Ifq = 1.0, redundancy is implemented
in the active mode. If q £ 1.0, ‘redundancy is implemented in the standby

mode.

R-1"
R{L, T(1)] Z Pr(k) (11-15)
k=
o
Q= g+ 5% (11-16)
¥ o= A[Dc+(1 - DC) q] (11-17)
‘For Q> 0 _
, N vt = M -jQAt
Pr) = A 1Y Ee— oMY e T T (11-18)
N e A -2 B _
where .
g k N .
A = (=17 g7 [N+ QUN + 2Q) -7+ (N + MQ)] (11-19)
By = (=1)' (- k)1 (N - 1) {[(N - 1+ QNN = i +2Q) -~ (N - i + MQ)] (11-20)
Gy = =0N it a1 [GR 0GR +2) - GRHN K - (11_2))
For Q=

- 3 i1
N-k T “NAt M+l C. 1l
- ) -(N-i)At e :
Pr(k) = AL 1z=:1 B. e e & T
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A = (-1) NN {11-23)
1
B, = (.M“” (11-24)
! iIViIMN-k-1)!
. N -k £-1
c. =A°"1 7% (1) . (11-25)
) L=1 2(M+2"J)(N-k-£)1(z-1)!
where
R [L, T(I)] = reliability of module L at time T (i)
Pr (k) = probability that module L is in the kth operability state
Q = effective dormancy factor
X = effective active failure rate, when duty cycled
11.4.2 Model 2

This model is used to calculate the reliability of a module

with N elements active and R required.

It is applicable to elements with

normally distributed lifetimes, with mean 4 and variance © 2.

N
R[L, T(D)] = 3 (?) ®RNY® (1 - RN - X (11-26)
p LS i
where RN is the elemental reliability function, given by
RN = 1-P [L@c—}'—“] (11-27)
P (z) is the cumulative normal distribution function given by
1 7z -y 2/2 .
P(z) = f e dy (11-28)
vam !
Note that
Z
P(z) 2 0.5+ I (11-29)
2¢z% +16 v8) /2
where 1.18145
v = (11-30)

1.57926 + 0.0594375 Z2 + 0. 00390625 z2
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11.4.3 Model 3 -

Model 3 is applicable to a binomial battery module, where there
are N batteries active with R required, The battery cell reliability func-~

tion is derived empz.r:.cally in Reference 11-1,

N
rRlL,tm] = 3 () @)X a -rpN-¥ (11-31)
N=R .
" where
RB = the reliability of a 51ngle battery, with R out of N
cells required; RB is given by:
: S /N ; N -X :
—— c X c T(I) ~ 87660
RB =| y° (X) (RW)™ (1 - RW) 1 - P( sar—)| (11-32

X=R,
c

Here, RW is the cell reliability given by:
RW = EXP [- (C« T(1) / aB)PE] (11-33)

where

AB = EXP [ - 11.380958 + 0. 23896921 Ty - 0.54986583D

2 2

- 0. 00050646174 T,“ + 0. 019307737 D” - 0, 0002374105D°] (I1-34

BB = EXP[- 138.10332 + 0.95927099 T, - 0. 19804227 D

- 0.0016717786 TB2 - 0.0019619976 D% (11-35)
+0.0011242688 TBD]
NO
C = TRUNC - 52
iy
~ R
D ®0.50
Z .
: 1 —y2/2
and P(Z) = f e dy as before. " (11-36)
2T .

(=}
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11.4.4 Model 4

This model is applicable to a module whose life is normally
distributed. It is distinct from Model 2 because redundancy is.added by
extending the mean life and the variance. This condition is applicable

when expendables are incremented:

T T - W
R[L,T(M] = 1-P|—= (11-37)
e
where Z 2
P(Z) = zln f eV 124 (11-38)

Redundancy is implemented by adjusting M o and © e 28 follows:
b, is replaced byu +k * AM

. 2 LA 24172
0o is replaced by [0 7+ (k =+ 8;)7]

where k is the number of increments added.
11.4.5 Model 5

This model is an éxtension of Model 1 for those equipments
whose failire rate is based on the number of operational cycles, rather
than the number of operational hours. A conversion factor (number of
cycles per hour), which is derived from the design conéiderations of the
hardware subsystems, is used to convert from the cycle base to the time

base. Then Model 1 is exercised to determine the reliability-time function.

This model translates the failure rate:
o= ?&c . F (11-39)

C

where

7Lc is in units of failures per 10? cycles
F. is in units of 10? cycles per 109~hour.

‘A, then, is in units of failures pér 109 hours.
The algorithm for this model is that of Model 1, using A, the trans-

lated failure rate. For thrusters, F_ is given by
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F_ = N/TRUNC (11-40)

-

whe re Nf = number of thruster cycles during the period TRUNC

11.4.6 Model 100 -

It ma.y‘be desirable to optimize the redundancy of a system
as described above, and then determine the reliability or MMD values when
the entire system is made redundant in an active mode. Model 100 re-
gsponds to a program executive command to calculate reliability and MMD
for such redundant systems where one is required and one or two are
present. ‘ '

RITM] = 1- [1-R (T0]]’ (11-41)
where

R [T (I) ] = reliability of single system at time T (I)

It may be. that a requirement exists for the elimination of all
single-point failures, i.e., the requirement may be that every functional
element in the system have at least one backup element. This require-
ment could be satisfied by requiring redundancy in all modules at the
start. A user option permits selection of initial redundancy or bare

bones system.
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12. COST*

12.1 © BACKGROUND

__ Previous cost models that use parametric ¢stimating methoeds
usually have been subsystem oriented. A deficiency to such estimating
methods is that independent variables in a cost-estimating relationship
(CER) always influence cost in the same way regardless of the makeup or
numbers of detail components in a subsystem. Thus, if weight is the in-
dependent variable, which is frequently the case, e'ach.additienal pound added
or subtracted always changes cost by a fixed amount despite the fact that
the individual compohents that are changed mai,r vary considerably in their
cost per pound, An estimating system that relies on a finer grain of detail,
i.e., on major assemblies or components, should hélp to alleviate the prob-
lem. The cost model described in this section is part of an overall model

designed to meet the requirements for such an estimating system.’

12.2 . COST DATA BASE

A substantial amount of cost and related technical data has been
collected, analyzed, and used in nuxnerous_studieé for NASA over the past
several years. Such studies, commencing with the STS, have required the
development of cost raodels for launch vehicles and satellite systems.
Satellite data, covering both NASA and DOD satellite programs, were orig-
inally oriented to produce subsystem cost information; however, during the
course of data collection, it was apparent that for many programs cbmpon-
ent information could also be obtained with little additional effort. More-
over, certain studies for DOD required an examination of component cost,
quantity and related technical data, As a consequence, the satellite cost ‘
data base at Aerospace grew to include copsiderable amounté of component
information. Such information, forms the raw data base used for the

Systems Cost/Performance Model,

¥l he term "'component'' as used in this section refers to subsystem
components, i.e., assemblies,

12-1



The raw cost data referred to above are run through a computer
model to guarantee corpﬁarability' wi{:h‘ respect to (1) adjustrr;ents for yearly
price changes, (2) allocations to components of program management, sys-
tem engineering and integration costs, (3) separation of recurring and non-
recurring costs, and (4) cost-quantity adjustments based on total numbers
of full prototype and flight vehicles.™ After application of the computer pro-
gram, each identifiable component is shown in terms of weight, quaﬁtity'per
satellite, and estimates of engineering des'ign and development cost a.i-‘ld
average unit cost (normalized to cumulative average for the first 5 units in-
cluding protdtypes). An example of the computer program outi:ut covering‘
" a2 selected sample of components is contained in Table 12-1‘. Finally, the
computer cost figures are adjusted manually to eliminate average amounts
of program’management, systemn engineering, integration and quality con-
trol costs pri;or to use in CER derivation. Each of the .stei:)é‘;néntibn;ad -

above aré elaborated upén in the next section on data adjustment.

12.3 COST DATA ADJUSTMENTS

To maintain comparability, certain adjustments are routinely

performed on raw cost data. In many instances, these adjustments have

been performed with the aid of computer program‘é; in other cases, manual

computations are used.

12.3.1 Ygé.rly Price Changes

Actual cost data come from numerous programs that have
occurred at various times in the past. Price indexes constitute the prin-,
cipal means of adjusting data to a common base; for this study the base year
is 1971. Thus, all basic cost thatis used either directly within the model
or in CERs that support the cost model is input in terms of constant 1971

dollars. Of-course, the output.of the model can be expressed-in other. base

“Three satellite programs, Tiros-M, DSP and DSCS-II, ‘currently are

fully converted to a component cost data output system. Portions of the
data output on five satellite programs will provide partial component infor-
mation; Nimbus, OGO, Vela, .Vasp, Pioneefr. Four other programs, OAO,
Lunar Orbiter, ATS and Program 191 require substantial analysis and re-
coding to produce component data,. ' S



Table 12-1. Example of Computer Output for
Selected Components -

Control Reaction  APT AVCS
Elec., Damper Wheel Camera Camera
Hours
Des. Eng. 34580  2324. - 9437 5956 9962
Dev. Test 28292 1099 13254 11502 31145
Unit Eng. 8179 549 2232 1409 - 2356
Unit Prod. 17644 3845 585 7587 4009
Cost {1971 Dollars)
Des. Eng. 705480 44906 191899 100461 179276
Dev. Test 385797 12859 316289 134707 401813
Dev. Matl. 78158 317 18662 32098 114902
Total Devel, Cost 1169435 58082 526850 267266 695991
Unit Eng. 166878 10622 45393 |, 23763 42407
Unit Prod. 239524 52934 9818 . 97355 57076
Unit Matl. 109178 17258 327. 49945 16756
Total Unit Cost 515580 80814 55538 171063 116239
Unit Cost/ Pound 42965 5772 1322 8772 7749
Component Wi, 12 14 42 19 15
Qt. Per Sat. 1 11 2 2
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years at the discretion of the .user, e.g., 1975 doll‘ars."u"I‘he price index
procedures used in all such adjustments are based on the method described
in Reference 12-1. The actual application of price index factors is done
automaticalijr with the aid of a computer pi‘ogram that also makes the

adjustments described in the next three subsections, )

.F,t-)'r_the cost model, projections of .satellite prices in terms of
future years are usually needed, and the same rate of increase in price
‘adjustments for past years is planned for use in projecting the future. ' The
text table below contains price index factors that will be used in the-model
for the years 1971 through 1975.

Fiscal Year Price Index Factor
1971 1.000
1972 1.050
1973 1,100
1974 1,176
1975 A 1,227
12.3.2. - Allocations to Component Cost

The taw data are organized so that -tlh‘ree types of cost are an in-
put to the computer program: (1) corni)onent identified, (2) sﬁbsys‘téi"n_-.identi—
fied, and (3) other cost., Component identified cost refers to all costs. that
can be directly related to a particular component or assembly through a
work breakdown or job order system of cost.accounting. Such accounting - °
systems are used by most contractors and identify varying proportions of -
cost f{rom program to program. Similarly, certain other effort can be iden-
tified only by subsystem. Examples.would be electrical power subsystem
qualification testing, reaction control system design or inspection of com-
munications équipment. Still other cost falls into overall system cate-
gories such as receiving inspection, sys;tern checkout and final assembly,

or sysitem engineering.



The computer program makes two allocations, the first to pro-
rate subsystem identified costs to components using component identified
cost as a base and the second to allocate other costs, such as program
management and system engineering, to the revised component base. Al-
locations are made on the basis of like cost eléments, i,e., engineering
(hours and dollars), development (hours and dollars), production (hours and

dollars) and material cost.

Allocations are made so that all costs are attributable to com-
ponents or subsystems in a systematic way. Differences in accounting
practices of various contractors are thereby m1n1m1zed and comparability

of 1mportant cost influencing categories is improved.

12.3.3 Separation of Recurring and Nonrecurring Cost'

With the exception of engineering, many functlonal cost elements
lend themselves to categorization into nonrecurmng and recurnng cost as
illustrated by the cost data format used for 1nputs to the computer cost data
program (see Fig. 12:1‘). For examlile, DEV cost includes all manufacturing-
type cost associated with support of development and development testing
(nonrecurring) and MFG cost includes all manufacturing-type cost for pro-
duction of prototype and flight hardware (recuri-ing). Typically, contractor
job order or work breakdown systems identify‘ such cést-s. However, it is
difficult to segregate engineering costs by such categories because contrac-
tors define DDT&E (nonrecurmng) and sustalmng or productwn (recurrmg)
engineering in d1fferent ways. Moreover, job order or work breakdown
claésification's rélating to engineering functions are not applied-or used uni-

formly on'different satellite programs.

To maintain consistency in the treatment of engineering cate-
gorization two assumptions have been made: (1) engineering costs increase
if a largér quantity of satellites is manufactured and flowh on a given satel-
lite program, i.e., costs are related to quantity produced, and (2) the cost-
quantity relationship is quantifiable in terms of a log-linear cumulative

average function with a b value of -0.515, i,e., - a 70-percent curve. Thus,
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using such a function, the engineering required for the first unit produced
can be estimated, which is also a surrogate for design engineei:ing.
Similarly, the engineering required for the total quantity produce-d (including
prototype) less design engineering will give production engineering. Little
data exist to verify the correctness of the 70-percent curve; however, gen-
erally so few satellites are produced for a given project that any error in
assumption about the curve slope will have negli gibie effects on cost esti-

mates.

12.3.4 Cost-Quantity Effects

A particular satellite program‘ may‘ have any number of flight
and prototype units. For Eom'parability; costs must be adjusted to a common
base. The base judged to be most appropriate is five units because that
figure tends to represent a reasonable average of the satellite programs
analyzed. (The theoretical first unit is often selected in other cost analysis
work; however, the average cost for five units is so close to average actual

experience it is deemed the most appropriate for satellites. )

Manufacturing effort typically follows a cost-reduction function
when related to quantity produced. Because of the relatively few satellites
normally produced as part of a given program, no large body of data exists
that would aid in accurately measuring such cost-reduction functions. A
90 percent log-linear cumulative average curve f(i.e., b= -0.152) has been
assumed, based on preliminary data from the OGO program. Again, the
exactness of the cost-quantity slope should not materially affect any cost

estimates because the quantity of satellites on a program is generally small.

12.3.5 Adjustments for Program Management and Systﬁn Engineering

The computer program allocates overall system cost categories
(i.e. program management, system engineering and integratién, and’
quality control) to components as previously described; the purpose of the
allocations is to achieve comparability of total component cost from various

programs. For the cost model, such categories as program management,
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etc., are treated separately; thus, any component data base must exclude

them when CERs are to be developed. Accordingly, the computer-adjusted
costs described above are reduced by applicable percentages that are based
on an examination of data from all available satellite programs. Engineer-

ing, developrment (test and evaluation), and production costs are reduced

by 34.2, 30.5 and 27.5 percent, respectively.

12.4 COST MODEL DEVELOPMENT

After all of the adjustments are made, the data are ready for
use in developing the CERs needed by the cost model. CERs are applied in
two ways; one directly within the cost model and the other outside the model.
Certain items within the model are basically a function of the t'ypes of com-
ponent;s that the model identifies as requirements. These items are struc-
ture, thermal control, solar arrays, power control equipment, power
converters, wiring harness, and attitude control propulsion tankage and
feed systems. Because the requirements for these items tend to be variable,
it is prudent to allow costs for them to be changeable depending on the inde- .
pendent variables that relate to cost. Costs for all other components are an
input to the program cost data bank and the cost comes from component
CERs used outside of the model. Further, the use of CER generated cost,
rather than contractor or vendor cost, serves to dispel any possible concern
over the proprietary aspect of the program cost data base. For-convenience,
components are classified as CER or catalog within the model; the former

denotes internal CER cost items, the latter are cost data bank items,

12,4.1 CER. Categories

Three categories of cost are required for CERitems and input
for catalog items: design engineering, test and evaluation and unit produc-
tion. (A fourth category, production engineering, is a function of design
engineering and is not a direct input or CER requirement.) Besides indi~
vidual component cost, the model must generate the cost'of program manage-

ment and related categories: ground support equipment, satellite launch
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cost, and fee or profit. Factors, percentages and-all of the component
CERs stored within"the model are required for estimating such items.

Finally, factors that relate the effect of redundancy on cost are required

as part of the model.

a. . Design Engineering., Design engineering cost is defined as
the cost of all engineering effort connected with the planning,
design, development and qualification of a particular compon-
ent or assembly. As previously éxplained, contractor ac-
counting systems cannot guarantee comparability of costs;
thus, a standard procedure is applied to the cost of engineer-
ing on past programs to achieve a split between nonrecurring
(design engineering) and recurring (production engineering).
Even though comparability of costs should be enhanced by
such a procedure, variability must inevitably be expected.
Factors that account for.cost variability are rework, redesign,
schedule alterations, and amounts of design inheritance from
similar components previously developed, When CERs are
applied, such variability tends to be normalized.

b. Test and Evaluation. Testing encompasses all developmental
and qualification effort required as part of DDT&E. Test
and evaluation cost includes all nonengineering labor and
materials connected with building tooling and test equipment,
manufacturing parts for test and conducting development and
qualification testing.

c. Unit Production. The cost of all manufacturing labor and
materials used to fabricate, assemble, checkout and accept-
ance test full prototype and flight units is defined as unit
production cost.

12.4.2 CER Development - Generalized Procedure

The procedure for developing CERs consists of examining all
pertinent data and determining if any relationship exists between a compon-
ent's physical or performance characteristics (explanatory variables) and’
its cost. The engineering portion of the over=-all model produces weight,
quantity required per satellite and other physical and pérformance data that
can be used as explanatory variables; thus, a first step is to check for re-
lationships between the engineering model output and cost. " Next, the re-
lationship, if it appears useful, must be quantified. Typically a formula of

the type CEzKE X PE is used to quantify the relationship where CE is a
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cost category (e.g., desa':gn engineering), KE is a constant for design
engineering, X is the explanatory variable (e.g., weight), and bE

is the exponent of the variable. In addition, factors are introduced into
the equation to give effect to the selection of different types of satellites

. or subsystems; for example, bc;dy-mounted versus paddle-mounted solar

cells would require factors equal to 1 and 4, respectively.

. Because of the relatively small size of the sa,rr;ple of data points
currently available, it is not possible to apply rigorous statistical proce-
dures in the development of CERs, Accofdingly; manual plots on log-log
graphs of costs versus explanatory variables havé been used. When the cost
data base is augmented, it may be possible to improve the CERs (e.g., in-
crease _the accuracy or resort to greater stratification by satellite or sub-

system type) and it may be possible to apply regression methods to the data.

One way of expanding the data base is to convert existing detailed
cost data at Aerospace to a component format through the process of recod-
ing contractor job number or work breakdown identifiers. Another method -
is to obtain cost data for additional completed projects. A third method is
to use.contractor estimates of cost for future satellite components, (Such

estimates, however, are likely to be unreliable if past experience is a guide.)

Within the overall. model,. the program cost data bank includes an
estimated cost for each component (or assembly) that is cataloged. In ad-
dition to catalog items, certain assemblies or subsystems are estimated by
CERs that are internal to the model, as previously explained. All costs,
whether-catalog or CER-type estimates, exclude system engineering and
integration, quality control and program management. Such costs are cal-
culated by means of average percentages applied to the basic component
total cost categories. The percentages were derived from an examination
of all available satellite programs. . Table 12-2 provides all percentages,
and the cost bases to which they are applied, that are used for estimating

system-oriented costs.
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Table 12-2. Percentage Allocations of System Engineering,
Quality Control and Program Management -

Base . System Quality Program
Cost Category Eng. & Integ Control ‘Management
Design’ engine.ering 32 1.5 19
Test and evaluatior ' é? 14 2
Production engineering 32 1.5 19
Production (mfg.) unit 22 14 2

The net effect is that the original cost data (examples are shown in Table
12-1) are adjusted downward to subtract such system costs prior to CER
development and the model adds back in the. costs by applying the noted
percenta‘ges to the CER derived cost base. .’

12.4.,3 CER Development

The cost ‘mode}; CER items; currently maae up of structures,
therrhal control, solar array, “power é_ontrol equipment, :Péwer converters,
W'Jfring harness a,:nd pa'.-o];;u_'_lsic;n tankage and f.eqd systems, arethandled
internally'by the-model; all other-items, i,e., catalog itéms_, are input to
the model cost data base. As previously explained, all of the costs are
based'on-CERs; however, at this .juncture either insufficient data exist or
no data are available to allow development of CERs for certain components.
Preliminary estimates have been made for data base catalog items where

"no CER is currently available, thereby allowing the model to be operated.

" The subse(;tions !:hat follow contain descriptions .of each CER
{or com_:ludes that because of insuszicient data no CER can be developed at
this time), Component CERs are grouped by major sﬁbsy}stem and include
the equation plus pertinent remarks concerning factors that should be ap-
plied when different types of satellites are being considered. Log-log plots ‘
of the data for each CER are contained in Flgures 12-2 through 12-63 and are

located in the back of Section 12 for easy reference.” Three CERs are
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needed for each component - design engineering, test and evaluation, and

unit production.

All CERs are considered in terms of constant 1971 dollars,

The following listing of CERs shows CE’ CT and CP’ (design engineering,

test and evaluation, and unit production, respectively). The independent

variable is often component weight (denoted by W); otherwise the variable

will be mentioned. When differences in satellite characteristics appear to

influence costs, an adjustment factor F is used. Where information to devel-

op a CER is currently insufficient, the notation NA (not available) is g{ven.

d.

Stabilization and Control

1,

Sun Sensor Assemblies (Figs. 12-2 to 12-4)

Gy = 254, 845 W' 677 (12-1)

C = 160, 000 we 447 (12-2)
.521

Cp= 7,183 W2l Fy (12-3)

The plotted data (Fig. 12-4) suggest that the type

of control system applicable to a particular satel-
lite can help to identify cost. The factor F is used
to adjust cost; it is 1.0, 3.3, or 7.5 for spin, 3-axis
or oriented solar paddle systems, respectively.

Control Electronic Assemblies (Figs. 12-5 to 12-7)

Cy = 183,910 W" 22 (12-4)

Cp = 122, 780 W~ (12-5)

Cp= 29420 w69 (12-6)
Earth Sensor Assemblies (Figs. 12~8 to 12-10)

Gy = 36, 000 weltE, (12-7)
where F_, = 13.5 if satellite is 3-axis controlled

or has paddle-mounted solar arrays; FE = 1.0 for
gpin-stabilized satellites.

Cp = 43,440 W° 647 Fo (12-8)
where ¥, = 1.0 for spin satellites, or 2.4 for
3-axis oi oriented paddle arrays.
. 767
Cp=11,550 W . Fp {12-9)
where F = 1, 0 for spin, 2.2 for 3-axis and

5.0 for oriented paddle arrays.
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Rate Gyro Assemblies (Figs. 12-11 to 12-13)

C.. = 134, 780 W * 030
E 710
Cm= 51,420 W~
T 707
CP = 22,420 W *
5. Reaction Wheel Assemblies (Figs. 12-14 to 12-16)
Cp= 16,730 W * 1+
855
C..= 9,350WwW"
Cr - 7 690w - 632
P - ¥
6. Control Moment Gyros NA
7. Star Sensors NA
8. Nutation Dampers NA
Auxiliary Propulsion
1. Thrusters {(Figs. 12-17 to 12-19)
Cg = 150, 000 W * /*8
. 148
CT = 150, 000 W FT
F.. = 1,00 when thrust is greater than or
equal to thruster weight
= 0,25 when thrust is less than thruster
weight
CP = 11,490 W
2. Tanks (includes fill and drain valves and relief

valves) (Figs. 12-20 to 12-22)

FE (dual-spin satellites)

total reaction control system wet

FE (for all other

Cy = 129,200 Tww" 272
Fp = 0.507
TWW =

weight
C.. = 545, 640 TWW" 222
satellites)
F = 0.268
Cm = zf 160‘TDW'675 F
T = 24, T
Fp =
Fo =
TDW =

12-13

0. 325 for dual spin satellites
= 0. 619 for all other satellites

total reaction control system dry
weight

(12-10)
(12-11)
(12-12)

(12-13)
(12-14)
(12-15)

(12-16)
(12-17)

(12-18)

(12-19)

(12-20)

(12-21)



c. Data Processing

CP=

Detail cost data

14,000 TDW °
0. 615 for dual spin satellites
0,840 for all other satellites

b
n

P

Fp

668

F

P

concerning reaction control tankage

(including fill, drain and relief valves) is currently
available from only two.satellite programs. In order

to broaden the data base, cost and weight information

(12-22)

for total reaction control system was used as a reference,
Ratios of tank costs to total system costs for the two
satellites were calculated and in turn were applied to
total reaction control costs to derive the tank CERs.
This procedure allowed the use of data from eight pro-

grams.

1.

Digital Telemetry Units (Figs. 12-23 fo 12-25)
43,170 W *°%° Fr ‘ '

CE=

O 0 0
iromo1

" (12-23)

FE = 1,0 for low data rates

Fm  =2.7for high data rates

28,780 w *510 ¥,

. FT = 1.0 for comsats

F‘I‘ =1, zsf'?r all other satellites

6,894 W * FP

FP = 1.0 for comsats

FP = 4,5 for planetary satellites

FP = 3.0 for other satellites
‘Tape Recorders (Figs, 12-26 to 12-28)

77,720 W * %21

71,690 W ° 557

15,730 w = 5%

General Purpose Processors NA

12-
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(12-24)

(12-25)

(12-26)

(12-27)
(12-28)



d. Electrical Dis‘tr'ibution

l.  Command Decoding and Distribation Units
(Figs. 12-29 to 12-31) i
C = 140,390 wW'* 549
E 628 -
C'I‘ = T1,540 W *
. 622 .
CP = 43,914 W
2. Wiring Harness (Figs. 12-32 to 12-34)
_ i o 115
CE = 3,920 W FE
'FE .= 1.0 for pure-spin satellites
F.. =5,0 for all other satellites
C.. = 6%00W"585F '
T - 7? T
F'I‘ = 1,0 for pure-spin satellites
F.. =5,0 for all other satellités
Cr = zT050 w4 g
p -~ =70 P. ,
T FP' = 1,0 for pure-spin satellites
FP = 3.0 for all other satellites

e, Communications

i, Antenna (Figs. 12-35 to 12-37)

Cp = 67,970 w =293
Cp = 49,850 w * 099
Cp = 12,000 w 367

2, Receivers (Figs. 12-38 to 12-40)
Cp = 39,500 W ':67 '
Cpe = 69,060 w * 6569
Cp = 22,190 w *327

3. Diplexers ‘ (Figs, 12-41 to 12-43)
Cp-= 10,940 w * *°4
Cp = 6,680W'z‘l”2.
Cp = 7,820 W *

12-15

(12-29)
(12-30)
(12-31)

(12-32)
(12-33)

(12-34)

(12-35).
(12-36)
(12-37)

(12-38)
(12-39)
(12-40)

(12-41)
(12-42)
(12-43)



4, Baseband Assembly Units NA
5, Transmitters . NA
6. Command Signal Conditioners NA

Electrical Power

1. Batteries (Figs. 12-44 to 12-46)

C = 31,000 AMPH * 276 for battery systems

E with capacities < 15 amp-hr

AMPH = amp-hr of total battery system
in satellite

C.. = 42,250 AMPH"® 582 for batteries with
capacities > 15 amp-hr

C = 99,900 AMPH * 589 for 3-axis controlled
and oriented paddle satellites

"G = 32,480 W * %99 Fo.

(12-44)

(12-45)
(12-46)

(12-47)

.. =6,0 for 3-axis controlled or oriented

T paddle satellites
F = 1,0 for all other satellites
: T 400
C = 11,470 w FP
FP = 4,0 for 3-axis and oriented i:addle
satellites :
F-P = 1.0 {for all otheir satellites
2. Power Control Equipment (Figs., 12-47 to 12-49)
C.. = 51,383 w -°27 Fr
FE = 3.2 for 3-axis and oriented paddle
satellites
FE = 1,0 for all other satellites
301
C = 87,500 wW"* FT
¥ =3.1 for 3-axis and oriented paddle
satellites
F'l‘ = 1.0 for all other satellites

12-16
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Cp ='36,660 W * °% F, (12-51)
. Fo= 4,0 for 3-axis and oriented paddle satellites
FP = 1.0 for all other satellites
3. Solar Array (Eigs. 12-50 to 12-52)
_ . 627 , .50
-CE = 41‘, 500 SF *~ FE - 34, 100- W ‘ FT (12-52)
FE' = 4.0. for deep space or lunar satellites
Fpn = 1.0 -for all other satellites
SF = square feet of solar array
oo ‘ .50
CT = 34, 1005 W FT (12-53)
FT = 4.0 for deep space or lunar satellites
F..=71,0 for all other satellites
T 444
CP = 42,678 5F * FP (12-54)
FP = 2.0 for oriented paddle satellites
FP = 1,0 {for all other satellites
4, Power Converters (Figs. 12-53 to 12-55)
G = 82,800 W - 620 (12-55)
Cop, = 48, 640 W ° 620 (12-56)
Cp =14, 870 W+ >8 (12-57)
5.  Shunt Regulators NA
Total Structure
‘1, Structure (Figs. 12-56 to 12-58) _
Cp = (139, 000 W - 393, (Fg) (STF) |  (12-58)
Fp= 2.5 for 3-axis and oriented paddle satellites
Fp'=1.0 for all other s,atellit'e's.

STF = 1+ [ STRF - (structure weigl'ﬂ:/total satellite
weight)][/STRF, if STRF 2 structure weight/
total satellite weight; otherwise

STF= 1 —L[(structure w:eiéht/total satellite weight} -
STRF ] 1 {structure weight/total satellite

weight) , 168
STRF = ,.5054 (total satellite weight) °
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Cqp = (48,900 W -419 (7)) (sTF) (12-59)
F‘I‘ = 3,0 for 3-axis and oriented paddle satellites
F..= 1.0 for all other satellites
T . 263
CP = 53,545 W Fp (12-60)
FP = 4,0 for 3-axis and oriented paddle satellites
FP = 1.0 for all other satellites
2. Thermal Control (Figs. 12-59 to 12-61)
L] 50
CE =91, 287 W FE (12-61)
FE = 2.0 for 3-axis satellites
FE = 1.0 for all other satellites
Cop = 69,338 W *°° (12-62)
_ . 566
CP = 9,400 W FP ‘ (12-63)
Fp= 2.0 for 3-axis and oriented paddie satellites
FP = 0.4 for pure-spin satellites
FP = 1.0 for all other satellites
12.4.4 . Other CERs

Costs for ground support equipment and launch operatiomns are-satellite
oriented. The CERs developed for these items are related to spacecraft
total design engineering costs (SATE) or average unit costs (SATB) for

five spacecraft.

a. Ground Support Equipment (Fig, 12-62)

3 .689
CG = 49,72 SATE FG . (12-64)
FG =2.121 for 3-axis and oriented paddle satellites
FG = 0,409 for communication satellites
F = 1.000 all other satellites
b. Launch Operations (Fig., 12-63)

C. = 31.0 SAT, *°88

L 5 (12-65)
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12.4.5 Cost Factors for Redundancy

The question of redundancy and its relation to cost is handled
in two ways depending on whether or not the component affected is a CER
or catalog item, ‘ If 2 CER item is involved, no further action is taken by
the model because the independent variable in the CER will reflect the ef-
fects of redundancy. For catalog items, the following procedure is applied.
First, design engineering is adjusted to reflect the change in development
test provided by engineering; this is accomplished by comparing the quan-
tity of components required (including redundant components) per satelhte
with the base quantity per satellite and using the results with Equatmn (12-66)
to develop a cost adjustment factor. (The adjusted design engineering will
also have an effect on unit production engineering cost because the two are
directly related,) Next, the test and evaluation cost category is adjusted )
in the same manner as design engineering, except that the numerical con-
gtants in Equation (12-67) are different. Finally, unit cdsts are affected how-
ever, the effects are indirect. Unit engineering will be altered because of
its relationship to design engineering and different quantities per satellite
will result in associated learning curve changes., Accordingly, no addi-

tional factors are applied to unit costs, -

The formulas used for DDT&E adjustment factoxls-are as fol~
lows:

Design Engineering Factor (FRl)

FRI = 0.8875 + 0.1125 FQ

where FQ = (base quantity + redundant quantity)/base quantity

(12-66)

Test and Evaluation Factor (F

Tl)

F =03+ 0,7 F

T1 0 (12-67)
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The numerical constants in Equatiohs {12-66)} and (12-67) were derived

from the results of a DOD study (Ref. 12-2) that examined the changes in
cost of DDT&E and production as redundancy was added to or subtracted
from a baseline satellite configuration. The equations are applied in the

same manner to all catalog items.

12.5 COMPUTER COST MODEL

The purpose of the cost model computer program is to pro-
vide a method of interacting with the engineering model outfmt to produce
cost estimates rapidly. The objective of this section is to outline the

major steps in the program that make up the cost model.

For each component selected from a particular design,
the computer program directly accepts as inputs certain outputs from the
engineering model such as weight, performancé and quantity information.
To produce cost estimates, the program first considers all components
identifiable as CER items and applies internally stored CERs. Next,
costs for catalog items are obtained from a stored cost data base, The
effects of redundancy are then estimated through the application of stored
factors. All component costs are summed by major category (i.e.,
désign engineering, test and evaluation, unit engineering and unit
production) for subsystems and total spacecraft. The costs of system
engineering and integration, quality control and program management
are calculated by applying the factors discussed in Paragraph 12.4.2 to
spacecraft total cost categories. Finally, quantity data concerning the
number of full qualification units and total number of flight vehicles are
used to calculate total DDT&E, investment and operations cost. Other
costs such as ground support equipment (GSE)} and launch support are
also covered by the program, The subsections that follow present a
detailed discussion of exactly how the program accomplishes all of the

above steps.
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12.56,1 Program Inputs

Depending on the source, inputs can be classed in three
ways: (1) user, (2) program stored, and (3) engineering model (output).
User inp.uts deal W‘ith type of mission, cost of mission equipment {the
computer model treaés only the basic spacecraft), fee or profit percent-
ages and quantities required for calculating total program cost. Default
or nominal values are provided in case the user cannot ascertain a par-
ticular input value., The inputs, program acronyms'and default values

are presented in Table 12~3,

Table 12-3, Cost Model User Inputs

Item ’ Acronym Default Value

Number of Qualification Satellites Qv 1
Number of Flight Sa.tellite‘s FV 4
Mission Equipment DDT&E Cost ' MEo l 0
Mission Equipment Average Unit Cost* MEU 0
Mission Equipment Weight MEW 0
Contractor Fee or Profit Percentage FEE .07
Type of Mission ' -
- Communications COM NA
- Earth Observation EO NA
- Lumnar LUN NA
- Planetary ' ' PLN NA

There are two types of program-stored inputs; the first
includes catalog item cost data and the second covers factors that operate
on component costs. Outsidé of the model, cost data are calculated for
each catalog component that can be identified by the engineering model;

the total information thus identified constitutes the program cost data

* Must include applicable fee or profit
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base. The catalog item inputs and appropriate program-acronyms for

each are listed below:

Catalog Input - Program Acronym
Design engineering cost ‘ COMPER
Test and evaluation cost COl\/Il:’TR
Unit production cost
{Cumulative average for 5) . P5
Reference quantity per satellite QREF

The first three items have been defined and discussed in Paragraph 12.4.1.
The fourth item refers to the quantity per satellite nominally required

by satellites for a particular component; an example would be batteries
where typically Qppp equals two. The need for such information arises
from a requirement to give effect to redundancy within the cost model;

its use is included as part of the redundancy factor discussion in
Paragraph 12.4.5.

Factors are stored in the program and are used ;ccx (1) ad-

just cost to a particular base year, and (2) to treat redundancy., Base year
costs are currently stated in terms of 1971 dollars; the price index f;a.ctor
is PI and is applied to all catalog and CER component costs, The effect
on component development cost of redundancy is calculated by applying
factors FR to design engineering and FTl to test and evaluation.
Values for these factors are derived within the model by comparing the
quantity per satellite for each component in a par{:icular design with the
reference quantity, QREF' The equations for these redundancy factors
are stored within the model.

The last major set of inputs needed by the cost model is
internally derived from the engineering model output, The model pro-
duces for each component (i) in a particular design its weight (Wi)’
quantity (NCHOSE,) and, for selected CER items, physical or performance
variables such as square footage of solar arrays, total APS subsystem

dry and wet weight, and total satellite wet weight.
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12,5,2 ‘Program
The program first operates on all CER items and then
treats catalog items. For CER items, the cost equation for design en-

gineering takes the general form:

COMPE = COMPER FRE2PI \_“(12-‘-68)
where . ’
bE
COMPER = Kp Xg (12-69)
and
FREZ = factor for type of supsystem
PI . = price index
KE = constant - -
XE = independent variable
bE = powe‘r.term

For test and evaluation, the general form is:

b
_ T
COMPT = K’I‘ X-T -FR'I‘ZPI (12-70)
where

KT = constant
XT = independent variable
bT = power term
FRTZ = factor based on subsystem t‘,fpe
For unit engineering, the general form of the equation is:

GOMP;. = COMPE (Q’ 485 1) PI/Q _ (12-71)

where Q =QV + FV.

The general form for unit production is:

. b
_ P . - 152
COMPUP = KP XP Q F

UPZPI/. 78? {12-72)
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KP = constant

XP = independent variable

bP . = po.wer term

FUPZ = factor based on subsystem type

The GER constants, independent variables, power factors and satellite
or subsystem type factors are presented in Tables 12-4 through 12-6.

For catalog items the equation for design engineering is:

COMPE = 1000 COl\/EPER FRI PI (12-73)
For test and evaluation, the equation is:
COMPT = 10600 COMP'I‘R F'I‘I PI (12-74)
For unit production, the equation is: -
! 848 :
= * 12-7
COIVEPUP 1000 P5 QP PI1/.783 Q ( 5)
and the equation for unit engineering is:
- N ) . - 485 12-76
COMP ;1 = 1000 COMPE (Qp, -1}/ Q ( )
where .
FRI = 0.8875+ 0,1125 FQ
Foor = 0.3+0.'?’]5‘Q
QP = Q (NCHOSEi)
NCHOSEi =. Number per satellite for component (i)
and FQ = NCH_OSEi/:QREF,' (FQ z 1.0).-
a. For each CER component (or assembly) the program
calculates COMPE*, COMPT, COMP'UE',; COMPyp
using Equations (12-68) through (12-72), and
COMP = COMPE + COMPRT (12-77)

R

= .
For solar arrays only, COMPER = KE XE - K'I‘ XT
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Table 12-4. Design Engineering CER Data

Constant Variable. Power Factor Satellite or
CER Item (KE) (XE) (bE) .(FREZ) Subsystem Type
Solar array 41,500 SF 0.627 4.0 Lunar, planetary or paddles
41,500 SE 0.627 1.0 Other
Wiring harness 3,920 w 0,715 1,0 Pure-spin
3,920 W 0.715 5.0 Other
Thermal 91,287 W 0.5 2.0 3-axis controlled
91,287 w 0,5 1,0 Other
Converters 82,800 W 0,62 1.0
Power control 51, 383 w 0, 587 3.2 3-axis plus paddle arrays
equipment 51,383 W 0. 587 1.0 Other
Propellant feed 545, 640 TWW 0,222 0,268 .Other
129,200 TWW 0,272 0.507 Dual spin
. ¢
Structure 139,000 w 0.393 2.5 STF, 3~axis and paddle arrays .
' 139, 000 w 0.393 1.0 STF Other
3
STF = 1+ (STRF - RATIO)/STRF, if STRF = RATIO

1. (RATIO - STRF)/RATIO, if STRF < RATIO
where STRF = 0,5054 (satellite wet weight) -0.168
and RATIO = structure weight/satellite wet weight

STF
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Table 12-5, Test and Evaluation CER Data

Constant Variable Power Factor Satellite or
CER Item (K.T) (XT) (b,I.) (FRTZ) Subsystem Type
Solar array 34, 100 w 0.5 4.0 Lunar, planeta;,ry or paddles
34, 100 W 0.5 1.0 Other
Wiring harness 6, 000 W 0.585 1.0 Pure-spin
6, 000 W 0.585 5.0 Other
Thermal 69, 338 W 0.5 1.0 All
Converters 48, 640 W 0.62 1.0 Al
Power control 87,500 W 0.301 3.1 3-axis plus oriented paddles
equipmerit 87, 500 W 0.301 1.0 Other
Propellant feed 24,160 TDW 0.675 0.325 Dual spin
24,160 TDW 0,675 0.619  Other
Structure, 48, 900 W 0.41 3,0 STF, 3-axis plus oriented arrays
48,900 W 0.41" 1.0 STF Other

See Table 12-3
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Table 12-6. Unit Production CER Data

Constant Variable . Power Factor .
Satellite or

CER Item (KP) (XP) (bP) (FUPZ) Subsystem Type
Solar array 42,678 sF 0,444 2.0 Oriented arrays
42,678 SF 0,444 1.0 Other
Wiring harness 2,050 W 0,745 1.0 Pure ~spin
. 2,050 W 0,745 3,0 Other
Thermal 9,400 w 0.566 2.0 3-axis plus oriented arrays
9, 400 w 0,566 0, 4 Pure -spin ’
9, 400 W 0.566 1.0 Other -
' Converters 14,872 \'4 0.738 1.0 All
Power control’ 36, 660 w 0. 182 4.0 3-axis plus oriented arrays
equipment ' 36, 660, W 0.182 1.0 Other
Prépellant feed . 14,000 TDW 0,668 0,84 3-axis or oriented arrays
- 14,000 TDW 0,668 0,615 Other
Structure 53,545 W 0,263 4,0 3-axis plus oriented arrays
’ 53,545 w 0.263 1.0 Other



where
COMP

COMP
COMP

"

5P

COMPLE

where
QS is five

C.

COMP, . = COMPyp + COMPy o

_ . 152
COMP,, =0.783 COMPyp Q

- ' .485
COMP,.. =0.2365 COMPyp Q0 -1)

t

sum of unit engineering and unit production

cumulative average unit production cost for
first five satellites

cumulative average unit engmeermg cost for
five satellites

For each catalog.item (component} the program
calculates COMPE, COMPT, COMP. COMP

UpP’ UE’
COMPR, COMPU, Equations (12-78) through (12-78),
and .
_ . 848 :
COMPBP = 200 P5 Q5 Pi/. 783
_ . 485
COMPSE = 200 COMFE (Q5 -1)

times the quantity per satellite of component (i).

For each subsystem, summations are performed as
exemplified by the following equations: -

SUBL = % COMPE
SUB,, = & COMPT
SUB, = I COMP,
SUByp = I COMP.
SUByp = 5 COMPyp
SUB = I COMP;
SUB. = £ COMPgp
SUB., = % COMP,,

12-28

sum of design engineering and test and evaluation -

(12-78)
(12-79)

(12-80)

(12-81)

(12-82)

b (12-83)
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For the basic spacecraft, the following categories are
summed from the subsystem totals:

SYS = % SUB 5

E °E
SYS. = TSUB

SYS, - = TSUBy

SYS & = ILSUByp t (12-84)
SYSyp = TSUB.,

SYS = TSUB,

SYS; 1. = TSUB,g J

SYS., = I SUB,g

System oriented costs are estimated using the previous
summations as bases for calculations., All of the system
costs are added to the base after all calculations have
been made, i.e., no system cost is in a base used for
estimating any other system cost, The equations for
quality control are: ’ .

QC, 0.015 SYSL + 0. 14 SYS,
QCy; = 0,015 SYSyp + 0. 14 SYSyp (12-85)
QCy = 0,015 SYS, . + 0.14 SYS. 5

where QG is quality control and the subscripts R, U and 5
stand for DDT&E, average unit cost and average cost for
the first five spacecraft, respectively,

For system engineering and integration (SEI)

SEI, = 0.32 SYSp + 0,27 SYS,,
SEIL; = 0,32 SYSyp + 0.22 SYSyp b (12-86)
SEI, = 0.32 SYS; + 0.22 SYS

5P :

For proéram management (PM)

PMy = 0.19 8YS_ + 0.02 SYS )

PMU = 0,19 SYSUE + 0,02 SYSUP (12-87)
PM, = 0.19 8YS - + 0.' 02 S‘YSSP

and fortooling and test equipment (TOOL)

'TOOLR = TOOLU = TOOL, = 0 (12-88)

because such costs are subsummed under test and evaluation.
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Total spacecraft (SAT) cost is calculatéd by summations

as follows:

Ground support equipment (GSE) cost is based on the
-equation:

GSE = 49.72 575, %0
Unit launch support (LN} cost is based on the equation
Ly = 3.10 sAT.~%°

Total launch support (L. p) is:

L = (FV) LN

TOT

Total program costs are calculated by adding mission
equipment cost, which is an input by the user (or is set

to 0 if default condition holds).

PAY, = SAT_ + ME,
PAY a7, = QV (SATy + ME)
ME v (FV) ME;
AT,y = (FV)SAT
PAY , = SAT . +ME

In addition, fee or profit must be entered into the total

as follows for total DDTE:

FEER = FPEE {SATR + (QV) SAT
DDTE = PAYR + PAYQUAL

For total investment (NVEST):
FEE;y © = FEE (SAT )

NVEST = PAYINV + FEEINV

For launch support (OPS):

OPS = ¢ (1.0 + FEE),

Lro

12-30

i

+ GSE]

+ GSE + FEE

R

SAT = SYSp + TOOLp + QCp + SEL, + PMy
. SAT = SYS + TOOLy + QC.; + SEL; + PM
SAT, .= SYSg + TOOL, + QC, + SEL, + PM,

(12-89)

(12-90)

(12-91)

(12-92)

(12-93)
(12-94)
(12-95)
(12-96)
(12-97)

(12-98}
(12-99)

(12-100)

(12-101)

(12-102)
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13, SCHEDULE

13.1 GENERAL

-7

The method for determining nominal schedules is’ based upon
the fact that component and subsystem direct DDT&E costs are measures
of hardware complexities. Thusg, it is feasible to devise a method of
determining nominal schedules if direct DDT&E costs are known for the
components of the various subsystems used in the system. .Once these
schedules are determined, total DDT&E costs may be determined by
adding those terms dependent directly and primarily upon schedule dura-
tion {e. g., project management). Figure 13-1 diagrams the basic approach.
In order to pr.ovide credible results, the output data is limited

to the following lead timeés:

a. Component design and development.: (for major components)
b, Subsystem development (for each subsystem)
c. Component qualification
d. Subsystem qualificg.tion
e. System development, test, and flight readiness
Because the method is primarily emperical and has

not been tested with adequate data, it must be considered preliminary.

13.2 SCHEDULE MODEL

13.2.1 Definitions

Activities not explicity stated in eith;ar Figure 13-1 or the re-
lationships given below are implicitly a part of the functions which are
stated. The unstated activities include: (a) preparation and approval of test
plans, specifications, schematics, layouts, and installation drawings;

(b) fabrication of hardware, test equipment, checkout equipment, and

mockups; (c) simulations; {d) special approvals. (as for phases); and



Z2-¢1

__TOTAL TIME

INPUT
REQUIREMENTS

DDT

SCHEDULE i

1 sYSsTEM |
1 DEsioN |

» TOTAL DDT&E

Figure 13-1. Nominal Schedule/ Cost Computation Diagram



(e) analysis.. Note that design is not separated from development; this
is an example of where other activities are implicit, such as detail speci-
fication preparation and fabrication. )

‘The term ''direct DDT&E cost" wused in this model contains
all DDT&E costs except those elements which are directly proportional
fo time such as program management. Total DDT&E cost is referred
to as DDT&E cost. )

The term ''base' value is used to refer to schedule values
obtained from an actual component, subsystem, or satellite.

The following activities are explicitly used in the scheduling
mode:

a. Component Design and Development (Tcg) - The lead time
here includes. all activities from the initiation of subsystem
or component design (whichever comes first) through com-
plete development of the component. This includes the
preparation of the subsystem specification and layout, the

detailed component specification, any approvals in the phase,
and detailed component design.

b. Component Qualification (ch) - The definition includes
items (if required) such as test plan approval (which 'may be
incorporated in the speécification approval) and test report
preparation and approval, as well as the actual teste and
changes to qualify the component. This lead time includes
redesign and shop time for normal changes to pass test.

€. Subsystem Development (Tgg) - This time incorporates all
-activities associated with the development of every subsystem
from start of development through environmental tests which
are in the nature of prequalification tests. The start depends
upon availability of all components in a condition where they
perform satisfactorily at least under laboratory conditions.
Thus, time for usual changes is also a part of the nominal time.

~ d. Subsystem Qualification (Teq) - This time is the equivalent
of component'qualification for every subsystem. It also ends
at approval of the qualification test repozt.

e.. System Development, Test, and Flight Readiness (Tf) - System
development starts when spacecraft subsystems are ready for
assembly into a system and ends when all physical and func-
tional interfaces have been checked and approvals given to
proceed into flight readiness test. It includes prequalification
testing. .

13-3



13.2,

2

Flight readiness and checkout tests follow the development and .
are run with the complete satellite. This may entail a complete
qualification test of the satellite, including vibration tests,
acoustic tests, shock, space simulation, and check of all sub-
systems and mission equipment, Interface and performance
with checkout equipment to be used at the launch site, EMI

tests under launch site conditions, verification of compatibility
with all AGE and AVE, and finally countdown and countup checks
are typical of the functions of this activity, culminating in

first flight.

Assumptions

Component direct DDT&E cost is a direct measure of component
complexity and is proportional to the direct charge engineering
and technician manhours necessary to develop and qualify it.

Lead time for development of each component and for each
subsystem varies from a minimum value as a direct exponential

" of the ratio of men assigned to the men assigned in the base

case. A starting value to be adjusted as data becomes available

- is that the ratio of men assigned to the men assigned in the base

case varies directly as the square root of the lead time ratio,
A starting value for the minimum value is that the minimum
lead time is 70 percent of the base value.

Lead time for qualification of each component and each sub-
system varies linearly as a weak function of complexity from
a minimum value. It therefore varies directly with DDT&E
cost, as a consequence of assumption Ma!l, A starting value
for the minimum lead time is 90 percent of the base value.

The state-of-art directly affects the component and subsystem
development lead times. Each component has a state-of-art
lead time factor, A, determined according to Table 13-1,

Table 13-1, State-of-Art Factors

Description A

Off-the-shelf unit
Similar to an existing unit = . 1.0

A new concept combining technology ! 1.5
in use on other components : :

A new concept requiring reasonably 2.0
predictable technology advance )

13-4-



A subsystem state-of-art factor, Ag, is determined independently
of the values of A, using the same.value judgment approach.

e. Subsystem development lead time is 2 weak exponential function
of the number of redundant components. A starting value for
the exponent of the number of parallel components, whether
active or standby, is 1/8. A starting value for the minimum
value is that the minimum lead time is 70 percent of the base
value, . : -

f. Subsystem qualification lead time varies linearly as a weak
function of complexity from a minimum wvalue, having the same
form as the component qualification function. A starting minimum
value is 90 percent of the base value.

g. System lead time is directly proportional to the pacing subsystem
development lead time and its duration is a function of the degree
of testing conducted with the entire spacecraft and also launch
vehicle. Its value-will range from about four for a system on-
which only essential development and flight readiness tests are
conducted to a value of about five for tests which intlude com-
plete qualification. System development effectively sfarts when
all subsystem qualification tests and the system development
tests are completed.

13.2.3 Schedule Equations

a. Component Development ('rc d)
- a .
Teq = Ak C*tc (13-1)
in which: )
A = . state-of-art factor for component
<, = constant starting value ~0.7 ('rcd) base
kc = constant for component type
C = Direct DDT&E charges allocated by component.

. Effectively contains all direct charges {engineers,
technicians, shop men) with burden, materials,
overhead.

a = .. constant, starting value = 2/3

Equation (I3-]) is derived using the assumption that men are
assigned according to the relationship:

..1:_"'__ - mﬂ?n_. (13-2)°
base “Nhase

13-5
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and the fundamental:

Manhours

T = klc (Men) (13-3)
(manhours) ~ C. : (13-4)
from which the starting value for "a" emerges.
Component Qualification Test (‘rcq)
Teq = c;tc, C (13-5)

in which ¢, and c, are constants, with a starting value. of
cq =0.9 (ch) base and ¢, dependent on each equipment type.

Subsystem Development (T od -

’ _ d o '

Teg = ksn AS(CS) te, (13-6)
in which:

CZ'-i = subsystem direct DDT&E cost.

'$]
4]
1
I [V]Z

1 = ith component of N components
d = constant, starting value = 1/8

A = state-of-art factor for subsystem
n

= ' Average redundancy for subsystem, active
plus standby strings

c = constant, starting value 0,7 ('rsd) base

constant, starting value = 2/3

R
fl

The form of the equation follows from similarity with the com-
ponent development relationship stated in Equation (13-1).

Subsystem Qualification Test (qu)

_ d
= ¢ +c:5n CS (13-7)

qu_ 4

in which Cy and Cy are constants, with a starting value of .

€47 0.9 (Tsq) base and ¢y dependent on each equipment type.
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e. System Tests (72

= 13-8
Te T AKRTG (13-8)
in which:
kf constant which depends upon the. extent of
system testing required. The range is from
4 to 5.

13.2.4 . Schedule Logic

Figure 13-2 is.the schedule activity flow dia‘;gram for the program.
Detail ed flow is shown .for the CDPI subsystem; the f‘low-f_or each subsystem
follows the same 1ogic.':, There are two main paichs, the development pa:th
and the qualification path. The two converge e:t- the -flight readiness and
checkout block. Where:more than one input enters an activity block, it is
1ntended that all preceding connected activities must be completed-(i.e., for
subsystem development and for system flight readmess and checkout).

Inputs to the schedulmg activities enter for each subsystem at
the component development lead times block. Prmmpal inputs are selectesi
component costs by component type and redundancy; thus information
generated for developing costs is used as input for deriving schedules.

_ Other input dita are semi-empirical ’o-r empirical coefficients,

¢omponent state-of-art factors, and subsystem state-of-art factors.

Observe that payload structure and thermal control does not
appear. The assuxﬂpﬁoﬁ' here is that structure and thermal control do
not constitute a critical path, so that no provision is made for their
scheduhng.

Subsystem qualification te st staits ‘upon completion of the
subsystem. development test, One or more components may not be
100 percent qualified at @hat point; this is not an unusual occurrence.

On the other hand, a necessary condition for the start-of-flight readiness
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test is that all subsystems are qualified as well as developed. In actual
fact, it is common to have to waive successful coﬁlpletion of some part
of qualification test before first flight. This was not believed to be a
desirable planning assumption. |

The last block, system development, test, and flight r'eadi-

ness, brings the system to launch of first flight.

13.2.5  Representative Results

In order to demonstrate characteristic results, coefficients
are derived from assumed starting values, and curves similar to those
representing behavior of the computer outputs are presented. The ex-
ample is for Spacecraft A (Ref. 13-1), the subsystem (m1s§1on equipment),
a transponder; the component a high-level traveling wave tube (HL'TWT),
This component is typical of the components requiring a long qualification
test lead time, The component was not actually the critical path item,
but is treated as such in the example. In addition, average values for
all components and subsystem lead times are given in parentheses.

The assumed quantities are as follows:

a. Example component .

?‘-cd = 8.7(9.5) months
cq = 4.3 (5_.60) months '

A = 1.0

c, = 6.0 (6.5) months

<y = 3.0 (3. 5) months
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b. Example subsystem

Tsa = 2.7 (2.8) Pmonths
Cy = 1.9 (2.0) months
=" 3,0 (3.0) months
sq
Cy = 2.4 (2.5) months
n = 2
A = 1.0
s

c. Example system

Tf = 14, 5 months

Otheér starting values: a =2/3, o =2/3, d=1/8

Using the above numbers, the data presented in Table 13-2 and
Figures 13-3 and 13-4 were cajlculated. Figures 13-3 and 13-4 show the
variation in lead times '\;Vith direct DDT&E cost ratios from the base value..
Table 13-2 .compa,res the component example and the average component
cases.

Figure 13-5 shows a schedule for the nominal case and a varia-
tion where (1) the HLTWT component (considered here -as the critical path
component for illustration) costs 40 percent more than the base case com-
ponent but has the same state-of~art factor, and (2) the subsystem state-

of-art factor, AS = 1.2, because a new component requires more subsystem

development.
13.2.6 Discussion

Schedules are usually dependent upon critical paths, as has long
been recognized and used in such management tools as PERT. The method
defined above recognizes this principle and adapts it in the summation of
critical paths.

Consider the bar chart examples of Figure 13-5. The critical

path subsystem development is completed before the initiation of subsystem
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Table'13-2. Comparison of -Nominal Schedules from Typical Components
and from Subsystem Surmmmary (Transponder)

Months
Lead Time HLTWT | & Subsysterm .-
Component Development 8.7 9.5
Component -Qualification (4. 3) ' (5.0)
Subsystem Development - 2.8
Subsystem Qu.alificalt ion 3.0. 3.0
Subsystem Tests 14.5 ' 14,5
DDT&E Program’ 28.9 29.8
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qualification. The system development is completed later as one would,
expect. The system test time is large compared with other lead ,tixnes;.
attempts to separate development time from flight readiness or system
quélification time have been uﬁsuccessful because the differing approaches
used for different sysﬁems make correlatlon of results meaningless. For
example, spacecraft quahflcatmn may be done separately or as part of the
satellite qualification. Therefore, the end of developmen_t is a grey area
which depends upon the program approach and it is believed a finer
breakdown should not be sought, ‘ ‘ '

Neéxt, on Figu:ée 13-5, observe the usefulness of the model in
response to a change in input data. The solid lines are for the base value
case, and the d‘ashed linés for the variation. The critical path component
of the variation has the same function as the base'case, but 1s more complex,’
so that DDT&E cost is mcreased by 40 percent. Some technology advance
is introduced (AS = 1.2).~ fThe :r%esult is that the system should be ready for
flight about three months later (= 10% increase in total lead time) than
the less expensive base value system. ) A

Now refer to Figures 13-3 and 13-4, which présent example-plots
of component and subsystem lead time;s as functions of DDT&E costs. The
rationale behind the shapes of the development curves bears repeating,
although the actual shape.may eyentually be developed empirically. In
Paragraph 13.2,2 it was s;,tated that men would be added to the base number
as the square root of the lead time as the .effort required to.develop the
itemn increases. This simply recognizes that de;relo'pr‘nent lead timie of a
component or sibsystem jgype‘ cannot be maintained constant as complexity
is increased by ‘merely é.dd-ing manpower. For example, assume the base
value of average men charging direétly: to component design and development
is four, and the complexity of the cornponent is 1ncreased to 1l.4.times
the DDT&E cost. This will result in'a corre5pond1‘ng increase in develop~
ment lead timeé.unless manpower is increased. The average humber ‘of'men
assigned to expedite the development would be 4.5 (rather than 4.0}, whitdh
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would result in the development lead times being 25 percent longer, rather
than 40 percent longer. This results from calculations following Equations
(13-2) through (13-4):

213 2 a2 125

v1.25 = 1,12

1.12x% 1.25 = 1.4

{cost ratio

I

men ratio

This rationale results. in the trend shown in Figure 13-3. During the test
phase for component development, itis believed to be representative. For
example, if an electromechanical component is the responsibility of a
development engineer, test technicians, part-time supervision, model
shop men, etc., amounting to an average of four men, the development may
be éxpedited by adding some engineering assistance and working some
overtime, the manpower increase being about one man. Further increases )
would probably be quite inefficient for, even with several test models,
only a limited number of changes resulting from. test can be handled
simultaneously. Thus, the increment seems compatible with a nominal
schedule.

As data is accumulated from various programs, actual values’
of the coefficients for development can be developed., Meanwhile, a method
has been demonstrated which can be used with a very limited amount.of data.
The same objective has been applied to the other terms.

Consi'der the qualification test line. for the example component of
Figure 13-~3. Note that it is straight. and has a minimum value (only 10
percent less than the nominal, or base value}., The minimum value is a
function of the number of tests, or environments, to which the component
will be subjected. uIn the nominal case, it is common practi.(':e to fabricate
a fixed number of qualification test units for each component (e.g., six)
so that simultaneoustesting of different environmental sequences may be

conducted, and so that changes may be made when a failure occurs without

13-16



holding up the entire test prograzn; The number of environments is
generally fixed, as well as the duration.of a stccessful test sequence:
Typically, a componentbfa.ils to pass one or more tests of the
qualification test sequences, requiring some changes to pass them. This
-is a nominal occurrence, but one which normally requires nominal redesign
of some readily changed parts to achieve success. This is particularly
true if the development test program. has adequately tested behavior under
envircnmental extrMes as has been assumed here. The minimum time
encampasses these effects,

The second part of the component qualification test equatlon is
dependent upon component complexity. This is to account for items whose
development times depe_gd*upon complexity, and therefore, the DDI&E>cost
of the component. One effect is that more complex components having-
the same function contain either more parts, ﬁore preg:ise' parts,
require'fighter performance tolerances, a larger capacity, or.a higher
power, for example., These complexities tend to make it'more difficult
to stay within performaz\ic_e limits over the range and duration of environ-
ments. Another related effect is inherent in the meaning of component
as applied to the model, According to the ﬁeéning used; a "component"
may be camprised of more than one box or subassembly, each of which
requires development. For example, a propuls1on subsystem "component"
would be a 'thruster. " In one satellite, there may be two sizes of hydrazine
thruster; one low-thrust,umt used for attitude control.and ahother somewhat
higher thrust unit used only for statmn-keepmg. The attitude control unit
may be.more costly to d.evelop because of the much larger number of cycles
which must be accunulated to meet the de'sign life. The lower thrust unit
would take longer to devélop and would therefore have a higher DDT&E cost.
It would also take somewhat longer to quahfy both because of the longer
test time needed and because it is less hkely to Mneet requtrements on the
first attempt. -Similarly,a computer memory required-to store 10° bits will
take less time to qualify than one required to store 106 bits, and therefore,

the lead time for the more complex unit will be longer.
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.A linear variation with cost is assumed for qualification unless
data show that an exporential is needed.

Next, note the development curve for the subsystem in-Figure
13-4, - The wide variation in subsystem complexity for any function is well
known, so that it is to be expected that the lead time for development will
be a function of subsystem DDT&E cost. By the same reasoning discussed
for component development, however, time cannot be bought back entirely
by adding manpower. Using the samée reasoning as beforé, the variation
is expected to be in the neighborhood of'the 2/3 power of cost.

The computer program written for-this schedule model will
utilize computations for costs as input data. This is nearly the inverse of
normal procedure for bottom-up costing, ‘where schedules are normally’
made up first (or simultaneously), and manpower second to avoid the
problem of failure to account for standby time (e.g., time spent by
development engineers awaiting changes to procéed through the shop).

However, the-procedure has merit in that:

‘a. It-uses thé cost data base of a cost program.

b. It requires schedule data which should be available from prev1ous
program files. ) i

¢; Component scheduling data need be accurate only where lead
times form critical pa.ths.

d. Only the more significant schedulmg mileposts are computed

to avoid unwarranted detail.

Notgﬁ,‘ on Figure 13-2, that the mission equipment path is shown
even though it is ot a part of the c;urrent_effort. The reasons for this
a.re::

a, Migsion gql_zipzngnt is often pacing.

b. The program techniques should be similar for similasr types.’
of mission equlpment (i.e., it will be necessary to ga.ther
data on types of mission équipment, because there will be
types, just as there are four major subsvstems).
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13.3 SCHEDULE DATA

For the purpose of this study, all spacecraft coefficients have’
been calculated with. the coeff1c1ents of cost dependent terms normalized
to the base value- component and subsystem costs, Cb and C sh’ respec-
tively. Table 13-3 contains component data (Ref. 13-1), and T_able 13-4
contains subsystem data (Ref. 13-2). (The unit of cost, Cb and :Csb’ is
millions of dollars.) The values for the state-of-art factors would make
use of the best opinions pf the Spacecraft A program engineers to estab-

lish satisfactory judgmental values..

Insertion of the Table 13-3 and 13-4 inputs into a computex
program with the A and A both set equal to unity will mean that all new
programs considering the use of a component.of the same type or subsystem
of the same type will give correct relative schedules, even though the
"nominal' base value actually had a slightly longer lead time than a true
nominal. This is a satisfactory assumption to 'te‘st a2 computer program.

The major assumptions used in compiling data from PERT time
charts for Spacecraft A follow. (This detail was found to be neeessary

because of inconsistency:—of terminology on the various PERT charts.)

a, Component de‘;e‘lopment time is measured from component *
go~ahead to compietion of engineering model {or qualification
model where so defined) pre-environmental functional tests,
or the last engineering model test, whichever is later. Bread-
board tests, in general, are not considered because development
is defined here as incomplete until the test model is essentially
the same design as the qualification test model. As with all
rules, some judgment was necessary'in exceptional cases; for
example, where the pre-environmental test data was not recorded
‘and the breadboard test data was available (the command
receivers), an-estimate was made of the probable development/
qualification rdtio, which was applied against the known swm
of development and qualification time.

b. Component qua._hflcatmn is measured from completion of component
. development to-completion of component engineering model (or
qualification model if so defined) post-environmental test {or
qualification if so defined.)
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Table 13-3. Component Schedule Coefficient and Lead Time Summary

ST @9v4 ov,

ALITVAD wo
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55/COMPONENT o ©,  [PRCZTI 0, [ Ty Teq Tad Tsq Tt REMARKS

CONTROLS ; R I BTN B

~Dospin Mech. Assy 7.8 1,3 3.3 .13 1,1} 1.3 | 7.0 11,9 | There=7 +7
Biax Drive & Gimbal Dr. Elect 7.5 3.9 3,1 .43 10,7 4.3 | 8.5 11.5 9
Despin Electronics Assy 7.3 3.8 b3l .42 10.4 4.2 7.7 ‘1 11,9
Control Timing Assy 8.3 2.6, 3.6 .29 11,9 2.9 7.2 10.8
Valve Driver Assy 4.7 6.3 z.0 .70 6,7 7:0 | 11,3 11.9
Earth Sensor Assy (2) 5.4 4,3 2.9 .48 7.8 4.8 | 8.1
Sun Sensor Assy 4,6 3.4 [, "2.9 .38 6.6 3.8 8.4
Propulsion §.8. (2) 4,0 2.2 2.9 .25 5.7 2.5 | 8.2

ELECTRICAL ’ . . '

" Solar Array (&) 8.7 1.4 4.4 .16 12,4 1.6 7.0 9.0 [ herest T
Shunt Element Assy 9.5 (- 2.5 |' 4,1 .25 13.6 | 2.5 6.1 8.5 | %4 8¢ =9
Power Control Unit(2) 8.1 2.3 4.0 .25 11,6 2.5 6.3 9.1
Battery (2) . = . 6.9 2.1 3.5 .23 9,8 2.3 8.0
Converter &Electrical Integ(2) 5.3 2.5 2.8 28 7.5 2.8 10,1 j
Reset Gen. &Switching Logic(2) 3.5 1.9 3.7 s2l 5.0 2.1 7.2

THERMAL NA 0 0 | 14,41 2,9 12.9 | See SS Summary

CDPI (TT&C) . )

Dual Baseband-~Signal Cond. 7.3 1.8 3.1 .20 10.4 2.0 2.0 18.3 7 here = T T
Encoder -Multiplier 6.2 1.8 2.8 .| .20 8.9 2.0 3.0 18,3 1
Command” Receivers ' 4.2 7.1 1.8 .19 6.0 7.9 5.7 18.3
Transponder-Converter 7.3 1,7 3.2, .19 10,5 1.9 1.2 18.1

Telemetry Transmitter 7.3 1.7 3.2 .19 10.5 1,9 1.2 18,1

Diplexer 6.0, 1.5 2.6 .17 8.6 1.7 3.0 | 18,3

TRANSPONDER St Mission Equip™
E.C. Lransmit Ant, 6.6 .45 2.8 .05, 9.5 0,5 | 2.8 3.0 14.5 .
E, C.Receive Antenna 6.6 .63 2.8 .07 9.4 0.7 2.9 3.2
N, C. Antenna . 6.6 3.6 2.8 .40 2.4 4,0 5.3 0.6
Transmit Filter, Coupler, Sw(2) 3.9 2.9 2.9 .32 5.6 3.2 |. 2.3 3.1 '
Receive Filter, Amplifier, Sw(2) 5.6 4,5 2.6 . 50 8.0 5.0 3.5 3.0
Diplexer /Equalizer 6.4 o | 2.8 0 9.2 0 3,2
low Level TWT{2) 4,3 2.6 3.0 .29 6,1 2.9 2.2
High Level TWT(2) 5.3 3.9 2.6 .43 7.6 4.3 | 2.7
Mixer Channel Combiner(2) 5.9 3.1 3,3 .35 8.4 3.5 2.4 :

Frequency Generator (2) 6.4 4,5 2.9 .50 9.2 5.0 0.7

{1} Includes 'J::-Cf, Teq

(2) Started later than contract go~-ahead,

(3) All data presented in units of months,
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Table 13-4, Subsystem Schedule Coefficient Summary

S/C SUBSYSTEM c3 °q PRSI 5G| A T % cp  [BRSGE3 Tad Toq | Ty
$/C A .
Controls 5,81 NA 2.2 NA 1.40 | SEE COMPONENT DATA 8.3 11,6
Electrical Na | 6.8 NA 0.69 | .20 " - 7.5 9.0
Thermal to. 42} 2.6 3.9(2) 0,27 | 0.90 " 14,4 | 2.9 12,9
CDPI 1.8 .NA 0.70 NA |-.7.0 . 2.6 - 18,2
Transponder 2,0 2.7 0.76 0.27 5.2 " 2.8 3,0 14,5
s/c Bl 1.0 5.2 0,41 0.69 | 5.2 11.2 ” 4,8 1:5 7.5 5.9
BII 1.0 5,4 0. 41 0.7 | 4.5 1.4 | 2 4.9 1,5 7. 9,8

" {1) All data presented 1n units of months,

{2) These lerms include component development,
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c. Subsystem development is measured from end of component
development to-final engineering model subsystem test. In
some cases the complete subsystem was first assembled on
the spacecraft, in which case,the subsystem test event preceding
start of system qualification test was used as completion of
subsystem development (see S&C and CDPI}).

d. Subsystem qualification test is in some instances on the space-
craft, in some on a separate assembly of components. In one
instance, FElectrical,the development completion could not be
detérmined from recorded events, so that only the subsystem
qualification completion was recorded; here the subsystem
qualification lead time is defined as the time from component
development completion to the end of subsystem qualification.

e. The values of system test lead time were determined from a
memorandum~recorded end date minus. the earlier PERT chart
dates for completion of subsystermn qualification tests.

As the foregoing is intended to suggest, judgment was necessary
in selecting events consistent with the definitions. As discussed, the
gseparate pa.01ng lead times which add up to the total DDT&E time {i. €.y
for pacing 1‘1:e1;ns Teg T Taq t qu tTe=T ) may be unprecise because of.
the need for judgment in selecting events from a variety of termmology,

how_e{rer, the program time, 7,, should be quite representative.

"As noted in Table 13;: 3, 'second footnote, some of the components
were started after contract go-ahead, while many were started from the -
program outset. This choice was made by the -developer at the -beglnmng K
of the pa;o gram, and was,therefore,a prediction tempered by convenience.
Thus, the component development lead times are inexact. The items
started at program go-ahead are not necessarilfr pacing; an example is the
thermal subsystem.. Analysis of the thermal problem and desigh of the
thermal control starts with a best estimate at the beginning, and thereafter,
the estimates are revised as electrical loads, structure, and mission
operations are refined. "It is, therefore, generally not pacing, even though
it is started immediately. In the case of subcontracted componeats, the
contractor may elect to start work on specifications a.nd. requests for

proposal at contract go-ahead, even though the items may not be pacing.
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No attempt was made to identify these items, for it would take a detailed
knowledge of the enginee:;j:'ing judgments made to adjust the lead times.
Some of the items starte:t.:l at contré.ct go-ahead may have development
lead times somewhat abdve nominal. The érrc;r is therefore generally
on the conservative side.

. Items started some time after the program go-ahead will not
satisfy Té =T.q + Teg ¥ T'sq + T because of the delta between program
start and item start., Note that this delta was not applied to data presented
in Table 13-2, where ch:a;wa.s measured from program go-ahead .
for every component sub;ystem.

These facts siwmply point out the desirability of gathering

data from a number of programs.
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14, DATA BASE DESCRIPTION

Data on selected payload equipments {components)} have
been collected for the ::express purpose of exercising the Systems Cost/
Performance Model. The reader should take careful note that,although
most of the data is accurate, approximations based on engineering
judgment and experience are used wherever actual data were unavailable.
The approximations are justified by the original purpose of the study
which was to develop a cost/performance model. Assuming that the
model is successfully éompleted and is accepted for use by.a body of
users, the data base must be expanded and approximations replaced by
actual data, The following paragraphs are devoted to an explanation of

how the data base is organized and how to interpret the information,
14,1 GENERAL

The model selects equipment for a specific design in one

of three ways:

a. Most equipment is selected from the data base on the basis
of technical performance.

b. Some equipment which cannot be differentiated on the basis
of technical performance-is called up from the data base
on a first-called l;asis in order to provide a complete de-
sign descéription,

C. Certain gquipment is not amenable to cataloging in the data
base. This equipment is identified and specific parameters
‘are determined. Examples include the wiring harness and
the thermal control subsystem component.

The equipments are organized according to the following

subsystems which use the specific components:

3
This category should be eliminated in improved versions of the Systems
Cost/Performance Model,



a. Stabilization and control

b. - Auxilia ry' pr opﬁl sion
c. Data processing

d. Communication

e. " Electrical power

Thermal coqt’i‘ol and st:;ucturgs _d;J not select equipment from the da@aj.
base, but instead, estimate the parameters describing their respective
components '

. ~ The data base c_oni;ains information on the following types

of equipmerﬁ: for each subsystem:

a. 'Stabilization and Control Subsystem-

- 1. ‘Despin mechanical assemblies
2. - Despin electronic assemblies
3; Valve driver assemblies
4. Sun sensor assemblies
5. Nutation dampers
6. Gimbal electronic assemblies
7. Biaxial (gimbal) drive assemblies
8. Control electronics assemblies
9. Earth sensor assemblies

10. ~ Rate gyro assemblies

11.. Reaction wheel assemblies

1th Rate integrating gyro assemblies

I3,  Control moment gyros

'14. Star sensor assemblies

b. Auxiliary Propulsion Subsystem

1. Thrusters
2. Isolation valves
3. Filters
;L. Pressure reguiaﬁors
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5. Tanks

6. Fill and drain valves
7. R1 elief valves
c. Data Pro;:essing Subsystem
1. " General Purpose processors
2. Digita.l telemetry units
3. T:a,pe recorders
5. Command decoding and distribution units
d. Communication Subsystem
1. B;seba_nd assembly units
2. Antennas
3. Transmitters
4. Receivers
5. C?mmand signal conditioners
6. Diplexers
e. Electrical Power Subsystem
1. Shunt regulators
2. Battefies
3, Battery chargers
4, Discharge regulators
5. Series load regulators
6. Power control equipment
7. Power converters .

An exarr‘ip.ie of an equipment desci‘iption in the data base
is provided in Table 14-1. The data sheet for -each component states
which subsystem utilizes"the component, which configurations require
the component, which equ1pment type the component is categorized as,

and the data base identifier or code number assigned to the component.
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Table 14-1, Data Base Example

Subsystem: Auxiliary Propulsion (0808)

Configuration: Monopropellant
Equipment Type: Thruster (TRW 404620)
Performance

Technical Characteristics

1, Thrust Level (N)

2. Pulse Life (cycles) -
3. ' Inlet Pressure (N/mz)
4. Total Impulse (N-sec)
5. ISP (sec)

6. ) "

7.

8,

9.

10,

Power

Average Power (watts):
Maximum Power (watts):
Minimum Power (watts):,
Nominal Voltage (volts):
Maximuin Voltage (volts):
Minimum Voltage (volts):

Converter/Inverter Requirement (flag):

Weight (Kg):
Volume (ce):
Vibration

Random (g, rms):
Non-random (g):

Temperature

Maximum {deg K):
Minimum (deg K):

Pressure-( N/mz):

* Not appii cable
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93, 000
414 x 10°
6,49 x 10%
230 °

(near zero)

[

0.0
28.0
32. 6
26.0°

N, A*

0.3

1700

322
278

" (Unknown)



Table 14-1. Data Base Example (Continued)

Perfo rmance { contmued)
CDPI

Power Switching Commands (No.):
Time Tagged Commands (No. }:
Other Commands (No. }:

High Rate.Telemetry

Number of Analog Points (No. )
Number of Digital Pomts (No.):

Sample Rate (sec~1):
Word Length (bits):
Low Rate“Telemetry

Number of Analog Points (No.):
Number of Digital Points (No. ):

Sample Rate (sec-1):
Word Length (bits):

Safetwr

Failure Model (flag):

Failure Parameters
Failure Rate or Mean (x 10%9 hr):
Standard Deviation (x 10+9 hr):.
Dormancy Factor (N, D, )* :

Total Number of Redundant _Elefnents {No, ):
Cost - V

Design Engineering ($1000):
Test and Evaluation ($1000):
Unit Production ($1000):
Reference Quantity (No. ):
Factor (N.D.):

Schedule

Development Lead Time Constant (months):
Development Lead Time Variable (months):
Qualification Lead Time Constant (months):
Qualification Lead Time Variable (months):
State-of-Art Factor (N.D;):.

*Non-dimensional

14-5

OO0 OO0

00 = O N

I—-Oz-:r—'w
O NOO



The data describing the component consist of -the following four types:

a,
b.
C.

d.

14,2

a.
b.
Ce
d.
e,

. f.

. .

h,

-

Performance

Safety

Cost
Schedule

PERFORMANCE DATA
The performancé data are separated into eight categories:

Technical characteristics
Power

Weight

Volume

Vibration

Temperature’

Pressure

Communica.tion, data processing, and instrumentation-{(CDPI)

The technical char_actefisf:ics are peculiar to each equipment

type, Gex;e‘rally speaking, the technical characteristics provide the data

required to select or differentiate among the components and additional

data for the c_omponeflt which, if selected, Provide’ "inio_rn}ation for -design

of the rernainder of the subsystem, The technic-al'_characteristics': required

by the model’—'for each type of equipment are ‘'as follows:.

=2

Ce

Despin Mechanical Assembly

1. Bearing and motor friction (mrad, 30)
2. Bearing runout (mrad, 3¢) .

Despin Electronic Assembly., (None, this component is

selected as a supplement to the despin mechanical assembly,)

Valve Drive Assembly

1. Number of valves
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i,

e

Su_n Sensor Assembly, (None)

-

Nutation Dampez. (None)

Gimbal Electronic Assembly

1, Resolver -accuracy (mrad, 3¢}
Biaxial (Gimbal) Drive Assembly

1, Drive quantization (mrad, 30)
2. Gimbal drive error (rmrad, 3oc)
3. ]éiax droop error {(mrad, 30)

Control Electronic Assemblies (Spinning Vehicle)

1. Pr".'ogrammer sine wave (mrad, 30g)

2. Drive guantization and delay (mra:d, 3a)

3. Méasgurement compensation (mrg.d, 3q0)

4, Pipper drift (mrad, 30)

5. Qﬁ_é.ntization noise (mrad, 30}

6. Controller error (mrad, 30)

Control Electronic Assemblies (Three-Axis Controlled Vehicles)
1, Pitch Eo:rizon scann.er gain (sec;“l) - .
2, Roll horizon scanner gain to roll axis '(s_ec"’l)

3. - Roll horizon scanner gain to yaw axis (sec~1)

4,.” . Pitch feedback gain (sec"l)

5. Roll feedback gain (sec1)

6. Roll to yaw coupling gain (sec~1)

Earth Sensor Ass embly

Sensor noise (mrad, 3¢)

Ra&iiance irregularity (mrad, 30)

Quantization error (mrad, 30)

Sun interference (mrad, 30)

-

Moon interference (mrad, 3¢g)

Thieshold aging (mrad, 30)

-

Nu:ii or bias error (mrad, 30)

o =3 O N o N
-

Maximum output freque::zcy {rad/sec)

Rate Gyro Assembly, (None)
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1, Reaction Wheel Assembly

1. Nominal momentum (M-kg~sec)

2. Magimum momentum (M-kg-sec)

3. Minimum: moméntum {(M-kg-sec).

4, Nominal speed, (rpm)

5. Maximum speed (rpm)

6. Minimum speed (rpm)
m., Rate Integrating Gyro Assembly

1. G-insensitive gyro drift {(mrad, 3¢) -.

2. Total misalignment relative 'to vehicle (mrad, 30)

3. Gyro scale factor error (N.D.} ‘
n. Single Gimbaled Céntrol Moment Gyro

1. CMG momentum (M-kg-sec)

2. Peak gimbal rate (rad/sec)

3. Peak torquer torque tN-m)
‘0, . Star Sensor Assembly

1. Type"

2 Sensor accuracy .{mzrad, 30)

3. Mapper field of view (mrad?)

4, Mapper sensitivity -(vi sual magnitude)
Pe Thruster

1. Thrust level (N)

2. " Pulse life (cycles)

3. Inlet pressure (N/m?2)

4, Total impulse (N-seq)*

5. ISP (sec)™

6. Mixture ratio (N.D.)** -
G. Isolation Valve

1, Maximum pressure’ (N/niz]

2. Flow area. (cmz)

* Applicable to monopropellant and bipropellant thrusters,

*% Applicable to bipropellant thrusters only.

" 14.8



Tr's

S

t.

U

Ve

X

Filter

1.
2,

. Max1mum pressure (N/m )

Flow resistance [N/(kg-m)z]

Pressure Regulator

1,
2.
3.
4,

Tank

1,
2.

. Ma.x1mum pressure (N/m )

Flow area (cm )
Minimum set point (N/m )

Maximum set point (N /m )

A

£ 3
Volume (cm>)

Maximum pressure {N/mz)

Fill and Drain Valve

i,

M£x1mum pressure (N/mz)

Relief Valve

1.
2,
3.

Mimimum set point (N/ rnz)

Max1mum set point (N/m )

Max1mum operating pressure (N/m 2y

General Purpose Processor .

1.
2.

Instruction rate (kips)

Word length (bits)

Digital 'I'eiemetry Uhit

1,
2.
3.
4,
5.
6.

Command Decoding and Distribution Units,

Bit rate (kbps)

Word length (bits)

Nu%nber of mainframe words
Nug:_{hber of subframes

Number of words per subframe

Digital multiplexer (yes/no)
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Z, Baseband Assembly Unit

1. Compatibility
2. First data rate stream (kbps)*
3, Second data rate stream {kbps)
4, First subcarrier frequency (MH'Z)*
5. Second subcarrier frequency (MHz)
6. Transmitter requirement (T )
a. Antenna

- 1, Frequency, high band max (MHz)
2. Freqguency, high band min (MHz)
3. Frequéncy, low band max (MH-{'Z)'
4, Frequency, low band min {(MHz)
-'5. T ype and equipment.number
6. On-axis gain (dB)

b Transmitter
) ‘1, Special requirement code (T_.)

2. Compatibility
3. " Maximum, frequency MHz)"
4. Minimum frequerncy (MHz)
5. Power output (watts)
6. Unified or nonunified**
7. - First subcarrier frequency (MHz)

- 8, " Second subcarrier frequeéncy (MHz)
9. Input data rate (Mbps)

10, . Modulation type

L3 i i ) ‘.
The first rate or frequency is the higher of the two if two
are provided, ‘

e Nonunified requires 7. and 8, to be blank.
Unified requires 9. to be blank,
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e

J

I

Receiver

O 00 1 0 WY

i
e

Compatibility, range and range rate
Maximum frequency (MHz)

Minimum frequency (MHz).
Modulation type | '

Maximum command rate (baud or bps)
Command output type

E) (kHz)

F, (KHz)

Fa (ktiz)

Signal conditioner requirement (SC;_ _)-

‘Comumand Signal Conditioner

.

1
2
3
4,
5
6
7

Compatibility

Special requirement c.odg- (sc _ )

' Command input

Ff-l {kHz)
¥ (kHz)
Fg (kHz)" -

Maximum command rate (l;aud')

Diplexér

o m o W N
L . . T

*

Compatibility

Maximum receive frequency (MI'I—Z)
Minimum receive freque‘nc':y {MHz)
Maximum transmit frequency (MHz)

Minimum transmit frequency {MHz)

Maximum allowable transmit power {watts)

Shunt Re gulato:.r

|

Maximum power capacity (watts)

Battery Cell

10
2,

Ca:pacity {amp-hr)
Watt/hour charge efficiency (N.D.)

14-11



h. Battery Charger

1, Current rating (amps)
2. Efficiency (N.D.)
i, Discharge Regulator '
1, Power capability (watts)
2. Efficiency (N.D.)
J. Series Load Regulator
1, Output power (watts)
2. Efficiency (N.D.)
k. Power Converter
B 1. Special requirement code (C__)

It is important for the reader to note that the fact that a’ component has no
listed technical characteristic does not imply that the: component has
no important characteristics., The missing technical characteristics
will be identified as the Systems Cost/Performance Model is improved.
The power data, which is required in order to design the
electrical power subsystem, includes three basic descriptions: the
power requirements, the voltage requirements, and the conversion re-
quirements. The average pq\‘;ver'is the average power required by the
component during its active state. The maximum power is the power
required either during peak load conditions or during any high power tran-
sient periods, The minimum volté.ge requirement exists during quiescent
periods, powered-down periods, or the turned-off condition, if allowable.
The voltage requirements are the specifications for which the equipment
is rated, i.e., the nominal voI;:a.ge and the maximum and minimum voltages
for which the component will continue to perform within specifications,
If the specific component is selected, the_converter/invertef requirement
flag identifies any need for special pt.:;wer conversion equipment. Since
the requirement is identified by a flag, the number used should correspond

to the identifier for the actual converter or inverter required.
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The component weight which is required by the vehicle
sizing model includes all weight which is essential to performing the
functions associated with the component. Examples of additionel functional

weight include:

a. Teleiicua ¥ 1P Li LIiGILG LA
b. Failure sensing and switching
c, Interface equipment which is not ordinarily a.separate

component as selected by the Cost/Performance Model,

Weight which comes under different functional descriptions is not included,
Examples are:
Ca. Wirin;g harness
b. Structural mountings

Volume is the dlrect counterpart of weight and is deter-
mined accordmg to the same rules. The summation of the component
volumes is used by the vehlcle sizing model to estimate the total volume
of the payl’oad. | ) ] ] )
’ The vibretion specification includes both random and non-
random categories. Although vibration is not used in the current Cost/
Performance Model, the intent is fo use the spec:_flcatmn in future models.

The maximum and minimum temperature information are
the temperature specifications for which the equipment is ;;lualified. This
information is-used to design the thermal control subsystem.

The pressure information is the ambient pressure for
which the component is gualified. This information is also not used by
the current model, but can be used in future models. .

The CDPL ix}forrnat::ton for each co‘rnponent is used for the
express purpose of designing the data pfoce:ssing and communication
subsyetems. Conunand::-.requiremehts are divided into three categories:

power, time tagged, and other. The telemetry requiremeénts are separated
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into two categories, i.e., low rate and high rate telemetry requirements.

The telemetry information includes:

2. ', .Number of analog telemetry points
b, Number of digital telemetry points
Ce Sample rate
d. Word length

14,3 SAFETY DATA

The intent in supplying the safety information is to indicate
the failure mode, the numerics describing the failure mode, the redun-
dancy type, and the maximum amount of redundancy. To this end, the
failure model as stated in the data base indicates both the failure mode
and the redundancy type. If the failure mode is modeled by an exponential,
then tﬁe failure rate must be pfovided. Both the mean and standard de-
viation are supplied in the event of a normal (gaussian) failure mode.

The dormancy factor must be provided for either failure mode. Because
the Systems Cost/Performance Model can add an undesirable amount of
redundancy (from an engineering point of view), the total allowable number
of redundant elements is specified. This redundancy number includes both
the original number of components as well as the components added for the

purpose of increasing sysfem reliability,

4.4 COST DATA

Component cost information must be supplied for each of

the following three categories:

a. Design engineerihg
b. Test and evaluation
Co " Unit production

This information is, entered into the data base from component {i.e., -ass‘erhbly)
level CERs which have been developed external to the Systems Cost/Performance
Model. An additional piece of information which must be provided is the ref-

erence quantity required to meet the performance requirements. Redundancy
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is not included in‘the -reference quantity. A nondimensional factor
has been provided for use in future models where the effect of standardi-
LS .

zation or use of off-the-shelf hardware is to be incorporated,

-~

14.5 .SCHEDULE DATA

Compone:hﬁt schedule data include both the development
lead time and the qualification lead time., Kach lead time is separated
into ;':onstant and variable terms. Normally, the constant lead times
will be exa.ctlf the same for all components of the same type, In addition,
a state-of-art factor is ‘provi&ed based on the component being in a state
of development somewhere befween off-the-shelf and a new concept re-
.quiring an advance in technology. -
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15. PROGRAM/USER INTERFACE

The interactions between the Cost/Performance Computer‘
Program and the usex include the input data and the printout.” The
computer program inpufs are discussed in Paragraph 15,1, and the

printout is described in Paragraph 15.2.

15.1 - COMPUTER PROGRAM INPUT

The computer program input data includes subsystem per-
formance requ:Lrements, interface requirements, mission equ:t.pment
description, and all other data necessary to make design decisions. The
input data list is extensive in order to allow specialists to exercise a
great deal of control oveér the System Cost/Performance Model. On the
other hand, representa.t1ve valies were established which the model uses .
in the event that the user does not wish or cannot speczfy all of the input
data. ) .

The required input data is separated into three categories:
required, desirable, and optional. The first category is that list of user
inputs which are essential to the operation of the model and which will
not allow the use of representative values. The.second category of user
inputs (desirable) is that set describing the mission-equipment or mission
requirements. The third category includes all of.the optional inputs which
allow detailed control of the design attempts by the program. Table 15-1
summarizes the input data to be supplied by the computer program user.

Certain of the input parameters have a more obvious effect
on the spacecraft designs than do the remaining inputs. For example,
the APS propellant weight is strongly influenced by the main engine ‘total
impulse requirement (i.e., the product of FE and TSMALL). Successful
design of the dual spin configuration for the S&C subsystem depends on
the value used for the time between spin axis correc’clons. Successfl::l
de31gn of the data processing and communication subsystems is depen-

dent on careful selection of the mission equipment data flow (ARRAYN).
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Table 15-1. Systems Cost/Performance Model Input Form

Required Input Data

FORTRAN Representative Unit Description
Name Value
| MICRO 0 Set to 0 for macro; set to 1, 2, 3, 4 or5 for micro.
If'0. program operates in macro mode, If}, 2, 3,
4, or 5, program performs micro search for S&EC,
AP, DPI, COMM, or EP subsystems, respectively.
For micro search on a specific subsystem, user
’ must restrict all other subsystems to one config-
uration each. .
IPRINT , 1 Set to 1 for system level printout. Set to 2 for
system and subsystem level printouts. Set to 3
for system, subsystem, and assembly level print-
outs, Zero allows no printout, ! -
T. 24,0 mo Mission lifetime
APOGEE 500, 0 nmi | Orbit apogee
PERIGE 500.0 nmi Orbit perigee
SPECI1= 18.0 mo System mean mission duration requirement.
SPECH= 0.6 ! Systemn reliability requirement at end of mission
. Ihife, i
NQV 1 Number of qualification vehicles
NFV - 4 Number of flight vehicles -
ECOMIWT ! 435.0 1b Mission equipment weight {must be zerced out 1f
there is no EQM1)
EQMZWT 435,0 b Mission equipment weight (must be zeroed out if
. there is no EQM2) -
EPME 200.0 watts Missicn equipfnent power requirement,

"FEither SPECI or SPEC6 can be omitted 1f'the other 1s given. If SPECI] = 0.1, the requirement is-ignored,

thereby reducing the execution time of the program.
however, the program executiontime is not reduced,

ORIGIN o
Op 'POOAL Pyp,
R QUQGZQ 18!

I£SPEC6H-< 0,00001, this requmrement is ignored;
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Table 15-1. Systems Cost/Performance Model Input Form (Continued)

Desirable Input Data

- FORTRAN

EDM2Z1L,

40,0

Narme Repre;s:lr:f:.twe Unit Deécription .
IAGNCY 1l = USAF, 2 = NASA
IMETYP Mission equipment type {1 means communications,
2 means earth observation, 3 means lunar,
4 means planetary)
ISATOR 1 earth oriented, 2 sun oriented, 3 inertially
oriented @
PHIRX Zo0.7s deg
PHIRY L 0.98 deg Required attitude accuracy about roll, pitch, and )
. yaw axes, respectively
PHIRZ + 0,75 deg
NMSEQ Nwhber of mission eguipment command and tele-
- metry data arrays in ARRAYN {maximum of 3)
) - Mission data for up to three (3) equipments ¥
ARRAYN (1, -) (0., 0., 0.) Power switching commands
ARRAYN (2, -} (0., 0., 0.}~ Other commands
ARRAYN (3, -) (0., 0.,.0,}) Time tagged commands
High rate telemetry¥¥
ARRAYN (4, =) {106.,0.,0.) Number of analog points
ARRAYN (5, ~) (106,,0.,0.} -1 Numnber of digital points
ARRAYN (6, -) (500.,0.,,0.) sec Sample rate
ARRAYN {7, -} (8.,0.,0:) bits Word length -
Low rate telemetry%s
ARRAYN (8, -) (280.,0,,.0,) Number of analog points
ARRAYN (9, -} (280,,0,,0.}) -1 Number of digital points
ARRAYN {10, -} (1.,0,,0.) sec _Sample rate
ARRAYN (11, =) (8.,0.,0.) bits Word length
OPSMS 0.0 ops/sec Number of mission opera.tm;ls
MBI125H Migsion equipment bay shape (1 means cylinder,
2 means box}
EOQMIXEL 40,0 in, No. .l mission equipment bay lengthk-k
EOMIYL 40,0 n. No, 1 mission equipment bay widths==
EQOMIZL 40,0 1n, No. ! mission equipment bay heightior
EQM2XL ,40,0 in, No. 2 mission equipment bay length¥s+
EQM2YL 40,0 in. No. 2 mission equipment bay width®#s
in, No. 2 mission equipment bay height#

“Representative values shown for ARRAYN apply to the separate downlink configurations, Designs
not using a separate downlink for the mission equipment should specify substantially smaller input
values than those values suggested since the mission equipment data is combined with the house- -
keeping data for transmission purposes.

#*For separate downlink designs, nonzero high rate and low rate telemetry data must be specified
for at least one mission equipment. Designs not using 2 separate downlink for the mission equip-

ment can have ARRAYN zerced out.

wHiMust-be zeroed out 1f not used.

ORIGINAL: PAGE IS .
OF POOR QUALITY]

.
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Table 15-1'. Systems gost/'Performance Model Input Form {Continued)

Desirable Input Data-

OF, POOR QUALITY

FORTRAN R tati : .
Name eprei’s_:f:lea tve Unit Description

EMIYCG 0.0 in.

EMI1ZCG 0.0 in. Mission equipment CGs relative to equipment bay
EM2YCG 0.0 m. interface

EMZ2ZCG 0. . in.

NUMEEQ 0 Number of external equipments {maxmmum of 9%
EEQWT(1) 0.0 )

EEQWT(2) 0.0 Ib

EEQWT{(3) 0.0 ib

EEQWT(4) 0.0 1b

EEQWT(5) 0.0 .1b External equipment weights

EEQWT(6) 0.0 1b

EEQWT(7) 0.0 1b -

EEQWT(8) 0.0 1b

EEQWT(9) 0.0 b

EEQVL(I) 0.0 it

EEQVL(2} 0.0 ft3

EEQVL(3) 0.0 ft3

EEQVL(4) 0.0 ft3

"EEQVL(5) 0.0 ft3 External equipment volumes

EEQVL(6) 0.0 £t [ :

EEQVL{T) 0.0 ft3

EEQVLI{8) 0.0 ft'B

EEQVI{9) 0.0 e

CGEEX(1) . 2.0

CGEEX(2) 2.0

CGEEX(3) 2,0

CGEEX(4) 2.0 Location of external equipment (l-means - froft,
CGEEX(5) - -2.0- "¢l 2 means center, 3 means aft end along axis of
CGEEX(6) 2.0 symmaetry)

CGEEX(7) 2.0 "
CGEEX(8) 2.0-

CGEEX(9} 2.0

EELOC(1) 3.0

EELOC(2} 3.0

EELOG(3) 3.0 Location of external equipment (1 means right,
EELQCC(4) 3,0 &
EELOGC(5) 3.0 - 2 means left, 3 means top, 4 means bottom looking
EELOG{6) 3:0 along the axis of symmetry from the aft end)
EELOC{T) 3.0

EELOC(8) 3.0

EELOC(9) 3.0

RELME 1.0 M:ssioﬁ equipment reliability at end of mission life
XMER 0.0 $ Mission equpment DDT&E cost

XMEU 0.0 $ Mission equpment average unit cost e
Pl 1.0 Price index factor . i

Schedule data for up to three mission equipments:

SKDME({], -) (0., 0., 0.). $1000 Design engmééring cost

SKDME(Z, -} (0., 0., 0.} $1000 Test and evaluation cost

SKDME(3, -} (0., 0., 0.} mo Development lead tune constant
SKDME({4, -) (0., 0., 0.) mo Development lead time variable .
SKDME(5, ) {0., 0., 0.} mo Qualification lead time constant

SKDME(6, ~) {0., 0., 0.} mo Qualification lead time variable

SKDME(7, ) {0., 0., 0.} State-oi-art factor p

" ORIGINAL PAGE IS . - 15-4




Table 15-1, Sys}:._erns Cost/Performance Model Input Form (Continued)

Optional Input Data

FORTRAN Representative . N
Name Value Unit I_)esc ription
IDEBUG 0 Input value of one causes cost and reliability
. debugging inforrn?.tion to be printed out.

ISTRT! 1 First of all' allowable five configurations to be

- designed for the stabilization and conirol subsystem,
° ISTRT1 and IENDI] effectively limit the nurnber of
. configurations whose designs will be attempted,

{(Must be equal to IENDI for micro search on another

» subsystem.)

IENDI1 5, Last of the allowable five configurations to be de-

- sifmed for the stabilization and control subsystem,
i%§%§2 ; 5 } As al.)ove for auxiliary propulsion -
§%§%§3 '21 ] As above for data processing and‘instrumentatiom
i%§1;£4 - é } As above for communications
i%ll\‘r%gs - é“ ] As above fo_r electrical power
?EID‘III-“)E" ; } As above for vehicle sizing
}%TI:T%%R g ] As above for reliability
ORBING 28.5 deg *Orbit inclination
DPHI 0.25 deg Main,engine alignment to thrust axis
FE. 4,1 - ib Translational thrust {must be nonzero}

TSMALL 100.0 sec Main engine burn time (AV and statisnkeeping)

XNU 3.0 Control system efficiency

PDOTO 1.0 degl/sec, Maxirmuwn initial rate

PDOTX ‘1,0 deg/sec ) ;

PDOTY 1.0 deg/sec. } | Maximum maneuver rates

PDOTZ 1.0 deg/sec ]

XN 1o ]

YN 1.0 Number of maneuvers about roll, pitch, and yaw axes

ZN 1.0 ]

PDOTRX 0,012 |deg/sec Y .

PDOTRY 0.012 |deg/sec Required systern rate accuracy

PDOTRZ 0.012 jdeg/sec | ] i

TPMIN 10.0 sec Minimum payload scan period {applies only to yaw
spin configurations}

OMEGR 60.0 rpm Spin rate of rotor (applies only to dual spin

- configuration) .

XNN 21,0 days Time between spin axis corrections {applies only

to dual spin configuration)

ORIGINATL PAGE IS
OF POOR QUALITY
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Table 15-1.

Systems_Cost/Performanceé Model Input Form (Continued)

Optional Input Data

FORTRAN

Representative

Name Value Unit Description ‘
K i 0 1if errors for spin axis relative to nadix; 11f errors
ior paylead relative to nadir {applies only to dual
spin configuration) .
MANV 1 4 means velucle slewing and prevents design of the
“ dual spin configuration; otherwise, no effect
EP1 0.0001 degl/sec Maximum prograrmmed pitchover rate {applies only
to three-axis mass expulsion configuration)
AX 0.05 deg Misalignment errors in mounting tnertia measure-
AY 0.65 deg ment umts {applies only to three-axis mass expulsion
AZ 0.05 deg confrguration}
EA 0,10 deg Antenna miszlignment {applies only to pitch
mementum bias configuration)
EANT 0.1 rad ~Antenna elevation [applies only to pitch momentum
bias configuration and should be set to less than
one vadian} R
ALPHA 12,0 deg Thruster offset in roll-yaw plane (applies only to _
. pitch momentwn bias canfiguration} '
TL i.¢ day Time between unloading wheel momentum {applies
.only to CMG sonfiguration)
TACCEL 26.0 sec Acceleration time for maneuvering {(applics only to
CMG configuraiion)
XANNN 4.0 Number of single gimbaled gyros {applies only to '
e CMG configuranon)
THOLD 100000, 0 min Time vehicle i inertial hold (applies only to
CMG configuration)
PDOTAYV 0.01 deglsec Average body rate for low orbit when high accuracy
- is required {applies only to CMG configuration)
PDOTST 0.0667 deg/sec Maximum rate at which star information is obtained
{zpplies only to CMG confliguration)
THETMX 180.0 deg Maximum rmaneuver angle (applies only to
CMG configuration)
FHIFOV 40.0 deg Maximum range of athituds freedom required to
track specific stars {apphes only to CMG configuration)
BTRMX 1.0243:1{)6 bit/sec Maximum bt rate
SCSFL 0.0 Special command synchronization flag () means no
gynchromzation required, } means synchronization
reguired}
TERYL 0.0 Telemetry processing flag (0 means telemetry-pro-
cessed separately, 1 means otherwise)
IOPTCOM 0 - Ranging requirement {0 or | for no or, yes)
LINK 1

Communications link (0 or ! for USE or SGLSj*

% The computer program does not cerrently possess the ability to design a USB commiunication link.
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Table 15-1,

Systems Cost/Performance Model Input Form {Continued)

Opt:.onal Input Data

FORTRAN Representative . .
Name Value Unit . Description
FREQX({2) 2250., 2250 MHz | Frequency of downlink transmitters {second number
. refers to separate downlink) )
NET 1 1 ='NASA net, 0 = AFSCF net
NADIR [¢] * Nadir coverage flag{0 =no, 1 = 'yes}'
FREQR - 1800,0 MHz Receiver frequency
COMRAT 1000.0 baud Receiver command rate
BWIDTH{2) -LE10, -1, E10 Hz Bandwidth foTr transmitter (default values are flags
- that cause bandwidth to be computed as a function
- . -of bit rate} !
OPTEMP 15,0 " Battery temperature
EQPF 2.0 Volume sizing factor
ISBOFG 0 Solar array bbom drive requirement (0 means not
. required, 1 means required)
XCGSAl 1.0 Location of solar paddles (I means front, 2 means
center, 3 means aft end) ~
XCGsA3 1.0 Location of body mounted-solar array {1 means
-~ .. front, 2 means center, -3 means aft end)
DIAMAX 120.0 in. Maximum satellite diarneter
RFIXED 1.0 Imitial system rehability
KEOPT 1 Expense option indicator {1 means additional
redundancy is penalized on the basis of weight;
. otherwise expense is cost)
SLBMX 50000.0 1b Maximurn system weight
ISPT 0 Single point failure requirermnents option {0 = not
in effect, otherwise 1n effect}
ISUB 0 Subsystem requirements option{l = at least one sub-
system has a reliability spec, otherwxse no reliability
specs on subsystems) .
SPEG(1)= 0.9 Rehablhty requirement for the stabilization and
control subsystem .
SPEC{2)* 0.9 Reliability reguirement for the a.uxiliary propulsion.
subsystem
SPEC{3)+ 0.9 Reliability requirement for the data processing
. subsystem . ~
SPEC{4)* 0.9 Reliability requirement for the communication
. subsystem
SPEC(5)* 0.9 Reliability requirement for the electncal power
subsystem
CA | 10,0 g Axial launch acceleration
CE 5.0 g Lateral launch acceleration
FEEPCT 0.07 Contractor's fee percentage.

*If SPEC(K) < 0.00001, the requirement for the K

CRIGINAL, pagg
0B POOR QuATzTy

subsystem is 1gnored.
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The EP subsystem design (e.g., weight) is diréctly influenced by the
mission equipment power requirement (EPME). Specifying a reasonable
value of mission equipment reliability {(RELME) is essential to obtaining
a reasonable level of redundancy. The dimsﬁsions of the vehicle are -
strongly influenced by the mission equipment dimensions, the volume
sizing factor (EQPF), and the maximum diameter (DIAMAX). The vehicle
weight is influenced by the mission equipmeni: weight and, indirectly, by
all of the previously identified parameters. The cost sstiznate is directly
influenced by the price index (PI) and the mission equipment costs. It
should be obvious that the Cost/Performance Computer Program is sensi-
tive to the input requirements in the same way that actual spacecraft-

designs are sensitive to requirements.

15,2 COMPUTER PROGRAM OUTPUT

The computer program printout incorporates three levels of
detail, a.nysf which can be requested by the user. The first level of.
printout'is an overview. of the spacecraft design. A more detailed print-
out (ths second level) can be requested by the user and will include all
subsystem level information. The third level of detail will spec:.fy the
design down to. the -assembly level.

‘ The' system level description mcludes the configuration type

for each of the subsystems dnd the following information:

a.- Stabilization and Control

- Pointing accuracy

b. - Auxiliary Propulsion

1.  Total impulse

o Data Processing
1. Computer operations rate
2. Number of commands

< N DTU description
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Communications

1. Primary downlirk data rate
2. Separate downlink data rate
Electrical Power
1.  End-of-life power requirement
2., Total solar array area
3. Minimum installed battery capacity
Vehicle Sizing
1. Weight
2. Dimensions
3. Moments of inertia
Safety '
1. Mission lifetime
2.  Reliability
3. Mean inission duratio'n
Cost
1. Engineering
2. Test and evaluation (DDT&E only)
3. Production (investment only)
4.' Tooling and test equipment
5. Quality control
6. Systenis engineering and integration
7. Program management
8. Program totals
Schedule
1. Compohent design and development
2. Component qualification
3. Subsystem development
4, Subsystem qualification i
. 5. System development, test, and flight readiness
6. Schedule duration to launch
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The subsystem level description provides the following

information for each of the subsyétems and the mission equipment:

a. Equipment identifiers

b. Equipment quantities

c. =~ Weight

d. Volume

e. Power requirement

f. .. Reliability

g.  Costs

. 1, Design engineering

2. Test and evaluation
3. Unit production
4, Unit engineering

h;? Schedule o
1, Component development

2. Component qualification
3. Subsystem development
4

. Subsys tem ‘ qualification

_The the rmal. control sub system deéscription includé s:

a. Radiator area and type ‘

b. Heater power

c. Heat pipe capacitance and type
d. . Phase change material mass

The structures subsystem description includes:

a. . Skin thickness

b. ~° Stringer size and number -

c. - Frame size and number

d. End cover and centerplate ‘'dimensions

e.  Mission bay and solar array-extension dimensions
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The a.ssembly level description provides the followmg in-

formation for each piece of equlpment selectsd from the data base:

a.

b.-

Ident1f1er ..(code number}
Description ({equipment type)
Quantity

Unit weight

Unit volume

Unit power,

Design engineering cost

Test and evaluation cost

Vehicle production cost

- Vehicle engineering cost

In addition, the above four costs are specified for equa.pments which use
CERs including:

system,

-

Solar array

- Wiring harness
. Thermal control

Power converters

Power control units

Propulsion feed system

- Structures

To summarize, the three levels of prmtout correspond to the

subsystem, and assembly level of de51gn. The appropriate

design, cost, and schedule information is printed out at each of these

levels as rsquested by the user.
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16, MODEL CHECKOUT AND RESULTS

The Systems Cost/Performance Model was checked out
by- programming the model on the contractor's CDC 7600 and IBM 370
computers and performmg both a thorough debugging and operation of the
computer program., Programming of the model served the purpose of
checking out the interfaces between the subsystems and the reliability,
cost, and schedule models. Operation of the computer program served
the purpose of identifying errors in the Model. Finally, three test cases
were used to check the Cost/Performance Model and the operation of

the computer program. The three test cases were:

a, Defense Satellite Communication System (DSCS-II)
b.  Earth Resources Technology Satellite (ERTS-A)
C. Orbiting Solar Observatory (OSO I) '

kN

The results of these test cases are reported in the following three
sections. Section 16.4 reports the results of a number of trade studies
performed using the computer program.

16.1 DSCS-II CHECKOUT

LY

The DSCS-II payload requirements were input to the Cost/
Performance Computer Program to generate a design, along with the
respective costs and schedules which would satisfy the input requirements,
Such a’'checkout is more thorough than may be apparent since the Cost/
Performance Model will not necessarily reconstruct an identical DSCS-II
design simply because the equipment is in the data base; rather it will
configure alternate desiéns which meet the DSCS-II requirements based
on well-éiefhaed procedu;:es. The checkout effort consisted of subsystem
specialists making a step-by-step investigation of the logic, calcula.tmns,

and equipment selection in order to identify and correct errors.



The DSCS-II input parameters are listed in Figure 16-1.
A reproduction of the computer program output listing is provided in

Figure 16-2. The output design cénsists of the follo{f}ing subsystem

configurations:
a. ~ Dual spin
b. = Monopropellant propulsion
C. Special purpose processing
d. Separate uplink and downlink with a common antenna:
e. Body-mounted solar arrays
f. . Shunt voltage regulation.
g.  Cylindrical shape
h. Single system redundancy

The subsystem weights and vehicle dimensions are compared with the
actual values in Tables 16-1 and. 16-2, respectively, Table 16-3 compares
the model's cost estimates with the equivalent cost estimates generated

by subsystem (PALCM) CERs. The error in the total cost.estimate is

less than 24 9% relative to the actual costs.
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Table 16-1,

DSCS-1I Weights

' I\/I-odel Actuals
Subsystem ., Estimates
kg (1b) ‘ kg (1b)
Structurés 137.3 ] 302.7 129, 7 285,9 .
| Thermal Control P 14..7 - 17.6 |  38.9.
|Electrical Distribution 44,3 97.6 54,0 | 119,0
Communication, Data Process- 22.8. 50,3 58.7 129,56
ing and Instrumentation § .
|Electrical Power 83.1° - 183.2 93,8 | 206.7 "
Stabilization and Control 67.2 148. 1 55.2 | 121,8
Auxiliary Propulsion 39.4 86.8 13,7 30:2
Expendables 55.0 121.3 55, 2 121,8 .
Mission Equipment 82.1 . 181.0 82.1 |- 181.0
| Total Payload 537.8" |- 1185,7 | 560.1 | 1234.8
Adapter 6.4 14,2 ‘ 6.7 14.8
Launch Weight 544.73 1199, 9 566.8 | 1249,6




Table 16-2. DSCS-II Dimensions

Model
Dimensions ’ " Estimates 1) Actuals
m (in,) ) m { in,)
Diameter . 1. 2,74 . 108.0 2.75- - 108.21
Equipment Bay Lehgth 1,97 7.0 "+ 1,70 66.75
. Total Length 3.20 | 126.1. [ 3.03 | 119.15

‘Table 16-3. DSCS-II Cost Estimate Comparisons

Cost‘Cé.teggries T M(()gféoEO)S tin.l-étie? Sub&;yis(i)tgor? CERs*|.

| ppTRE - © (63,990 1 (61610
Spacecraft 31, 690 ~ 29,310
Mission Equipment 32, 300 32, 300
Investmel}t (61, 737)' (49,610)
Spacecraft 41,697 - 29,570
Mission Equi.pn_lent 20, 040 20,040
Operations A é,-_157) ( 4,540)

Contractor Fee : { '5, 054) . ( 4,439)
TOTAL (132, 938 (120, 199)

*The subsystem level cost estimates were generated by the current
Payvload cost estimating model, PALCM.

16118




16.2

ERTS-A CHECKOUT

The ERTS-A payload requitrements were input to. the Cost/

Performance Computer Program to.generate a design along with the cost

and schedule estunates in order to make a cursory comparison of the

computed results with the actual data for an independent program’'not in
the data base. The ERTS input parameters are listed in Figure 16- 3.

F1gure 16-4 presents a reproduction of the computer pProgram output list-

ing., The output design consists of the following subsystem configurations:

a.
b.
c.
d.
e.
. f.
e
h,

i,

Three-axis mass expulsion with pitch momentum wheel

Monopropellant propulsion

" Special purpose processing

Unified uplink and downlink with commeon antenna
Separate downlink

Paddle-mounted solar arrays

Shunt and d1scharge voltage re gula.tlon
Cylmdru:al vehicle

Single system re dundanc;}

The subsystem weights and vehlcle dlmensmnsiare compared thh the

actual values in Tables 16-4 and 16-5;° respectwely

16-19
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02-91

$REQUIR
APOGEE
EPME
EQMLWT
EQMZAT
IPRINT
MICRO
NFV
NQV
PERIGE
SPEC1
SPECH
T

$END

0.5E+03,
J«355+03,
e 4TI5E+D3,
Ge0,

3 )

'/

24

i,
0+5E+03,
B.12E402,
0.5E+080,
Da13E+02,

V00 s
TV v

ALF
81

Figure 16-3, ER'TS-A Input Requirements



Te-91

$DESIRE

ARRAYN

dGEEK‘

EELOC
EEQVL

EEQHT

EMLYCG
EM1ZGG
EM2YC6
EM2ZCG
EQMIXL
EQMLYL
EQM1ZL
EQM2XL
EQHZYL
EQM2ZL
LAGNCY
IMETYP
ISATOR

MB12SH

NMSEQ
NUMEEQ
OP3NS

PHIRX

PHIRY
PHIRZ
PI

RELME

H

]

0236402, 0,0, 0.1E+03s 0.106E+03, 0,106E+03, 0.5E+03,

0o1E+01s. 0.BE+OLs. Bely Doly Doly. Debe. Quly’ Gidy DBsBs o0y

0e0y Qaly D40s 0.0 0.0y 0.0 ' 003 0.0, 0.0,

D42E+01s 0.2E+01y 0.2E+01, ‘0,2E+01, 0.2E401, 0.26401,. 0.26401,

036401, 0.3E60%, 0.36401,  0,3E+04, 0.3€401, .0.3E+01, D0.3E+01,

040y 8.0s Gols Oa0y 0.00 0.8y 040y 0400 0oly

8e0y 0Ge0y Dely DOols 0s0y 0.0y 0.0, 0.0, 040,

G0y '

Qe

el

Ge0%

0.26402,

0.6E402,

0 +6E#02,

0.0, o

0.0, %‘?3\

0.0y . ,gﬁgg

2, 9,

2e b 'ﬂsjga

1, ‘ %%;v’
¥

1, . (>

b 1Y Eﬁ

i I

0.0,

ﬂo?E}ﬁpv

GTE+DD 4

0.TE+00,

D.1E+01,

G.1E+08,

Figure 16-3. ERTS-~A Input Requirements (Continued)

Q.8E+G1,

etly L]

0.2E4¢01,
003E’01'

0.28E+03

Ga2E+04,
g.35401,

.0

0.23E+03

sy
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SKDME

XMER
XMEU
SEND

Figure 16-3, ERTS:-A Input Requirements (Continued)
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3OPTION

ALPHA = , 0.,12E+4C2,
- AX = 0.5E-01,
Ay = DJSE-01,
AZ = 0.5E~01,
BTRMX ‘= 0.102%E+07,
BWIOTH = -0,1E+11, -0.1E+11,
CA = D.1E+02,
ce = 0e5EH01, 2 %
COMRAT = 0.1E+04, o
DIAMAX = 0.6E+02, é =
DPHI = 0.25E400, g
EA = D.1E+00, %% ;g
EANT = 0.1E+00. !
EP1 = (.1E~03, E i
EQPF = 0.35E+04, L3
FE = D.65E401,
FEEPCT = 0.7E~01, )
FREQ 2= 0.22295E+04, 0,22875E+04,
FREQGR = 0.21064E+04,
IENOL = 5, .
IDEBYG = 1,
IENDZ = 2,
IEND3 = 2y
IENDG = 4y
IENDS = 3,
IEND6 = L,
IENDR = 0+
IOPTCH =

1, 1, 0

Figure 16-3.- ERTS-A Input Requirements (Continued)
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1SBOFG
ISPT
ISTRTL
ISTRT2
ISTRT3
ISTRTL
ISTRTS
ISTRTS
ISTRTR
ISUB
.
KEOPT
LINK
MANV
NADIR
NET

‘OMEGR

OPTEMP
ORBINC
PDOTAV
PDOTRX
POOTRY
PDOTRZ
PDOTST

POOTX -
PDOTY -

PDOTZ
POCTO

1,
1,

Sy

2,

2y

iy

3

i,

0,

Gy

1

1,

1y

i,

Gy

1,
0.85666666666667E+02,
0.15€+402,
3.99LE+02,
0.1E-01,
FohE-01,
Do 4E-01,
Ca4E~D1,
0.667E=-01,
Go1E+01,
0.1E+011,
0.1E+01,
0.5E+01,

Figure 16-3,

ERTS~A Input Requirements (Continued)
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PHIFOV
RFIXED
SCSFL

- SLBMX

SPEC

TACCEL
THETHX
THOLD
TL
TPMIN

-TPRFL.

TSMALL
XCGSAL
XCGSAZ
XN

XNN
XNNN
XNU

YN

N

$END

Je4E+02,
C.1E+01,
C.1E+0L,
0«3E¢DL,

0.18E402
G.18E+03
U.1E+86,
CelE+01,
0.1E+02,

0aly. ...
0.15E+G 4.

0.2E+04,

CO.1E#01,

0.1E+01,

Be7847494370468550+02,

0.4E+3L,
0.3E+01,

" 0J1E€01,

0:1E+01,

Figure 16-3,

0-85733h490ﬁ9356£+00| 0.9531554702293E+60, 0.9024759994865E+00,
+ [ . . . B

oo good &0
gﬁ_ﬂ{ﬁﬂIfIVEﬂfﬂIﬂli

1

ERTS-A Input Requirements {Continued)

0.88734849049966E+00,

0.9394
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Table 16-4, ERTS-A Weights

Subsysterr M_odel Actuals -
Estimates
kg (1b) kg (ib)
Structure 207.7 45?. 9 181. l “i399.3
Thermal Control 7.6 16.8 36 4 - 80,2
Stabilization and Control 99,7 219.9 31.9 70. 4
Auxiliary Propulsion 53.0 116.8 33.8 74. 6
Expendables 39.4 86.8" 36.6 80.7
Electrical Power 79.6 175.5 - 148. 6 327.5
Electrical Distribution 77.5 170.8 89.3 196. 8
Communications, .Data Process- 33.8 74.4 104,1 229.6
" ing & Instrumentation _ _ )
Mission Equipment 217.5 479.5 217.5 479.5
Total Payload 815,8 - 1798, 4 879.3 1938. 6
Adapter 9.8 21.6 61.9 136.5
Launch Weight 825.6 1820,0 941.2 [ 2075.1°
Table 16-5, ERTS-A Dimensions
Model - .
Dimensions Estimates Actuals
m (in,) - __m (in,) '
i - .

Diameter 1.52 60.0 - ‘ i.52 . 60,70 *

Equipment Bay Heigh‘t 3.09 121.5-

Total Height 3.85 151.5 - 3.04 120.0
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16.3 OS0O-I CHECKOUT

The OSO-I payload requirements were input to the Cost/
Performance Computer Program as a test case to be evaluated by NASA,
The OSO-I input parameters are listed in Figure 16-5. The computer
program output listing is reproduced in Figure 16-6. The outpht design

consisted of the following subsystem configurations:

a. Dual spin
b. Cold gas propulsion
c. Special purpose processing
d. Unified uplink and downlink ha‘,ving common antenna
e. . Separate downlink '
fs B‘ody—mounted solar arra.y‘ )
g. Series load voltage regulation
‘h. | Cylindrically shaped $ohicld’
i. Single system redlir:éa}cy |

The subsystem weights and vehicle dimensions are compa:ried with the con-
tractor's projected values in Tables 16-6 and 16-7, respectively.

The only significant différence' between the modei estimates
and the contractor's design ‘ﬁe‘:s in the payload dimensions. Th;a design -
generated by the model‘;ssmnes that the solar array is body mounted
on the spinning portion of the vehicle. Hence, the estimmated dimensions
are increased to support the required array area. The OSO-I design is
unique in that the solar array is actually mounted on the de spun portion
of the vehicle and thereby requires less area to supply the same electrical
power. The Cost/Performance Model can easily be modified to synthesize

such a design variation.
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9¢-91

SREQUIR
APOGEE
EPME
EQMLHT
EQM2HT
IPRINT

. HICRO

NFV
NQV
PERIGE
SPECYL
SPECH
T

SEND

H

Ge3E+03,
0.22E+03,
0.84B3E+03,
0«00y

3

Oy

1,

Js
0.3E+03,
0.12E+402,
0.5E+00,
B.13E402,

1) b
Ckkrf'
* T ogyy

Tapy

Figure 16-5, OSO-I Input Requirements



LE-91

$OESIRE
ARRAYN
CGEEX
EELOC
EEQVL
EEQNT
EM1YCG
EMLZGG
EM2YCG
EM2ZCG
EQM1 XL
EQMLYL
EQM1ZL
EQM2XL
gEQM2YL

EQH2ZL

IAGNCY
IMETYP

ISATOR -

MB12SH
NHSEQ
NUMEEQ
OPSMS
PHIRX
PHIRY
PHIRZ
PI
RELME

.n.

0.28E+02,
G.75E-02,
Oy Ty
0428401,
&.35;31-
0.0y, DO,
0.0y 0.0,
0.0y
0.0,
Ja0y
Gy
ﬂ.??Eiﬂz;
0.83E+02,
0.2E402,
.0,
0.0,
040y
2y
267
2y
29
)
U
Be0y
De2E401
Bo2E+01,
‘De2E+01,
0.1E+01,
0.1E+01,

B.8E+01, t.1E+03, 0.,166E+33, D.L06E+03, D«+1E401,
0. E"’UiQ u-ol 18 [} Vedy U.U, 0.0 G-G' D!B' Ooul
0e0s 0a0y 00y 0405 0i0y 8u05 0.0, |
0426401, O0.2E¢01, O0.2E¢01, 0.2E#)1, 0.2E¢+01, 0.2£+01,
0.3E404, 0.3E401, O0.3E+01, O0.3c¢01, O0.3E+01, . 0.3E401,
Qelly 0.04 0.0s 0,09 0.0+ 8.0, 08y
0.0, Gas Do04 0.0, 00y 0.0, Caly
= N
=
S
=
.5 h;
S b
- G2

Figure 16-5, OSO-I Input Requirements (Continued)
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8£-91

SKOME

XMER
XMEU
$END

[F}

De 1} DUG' 0.0] U.ﬁ, G.U, 0.0' l]!q‘ U.B, 000! U.ﬂ' 0001
O-B, Glﬂ’ 0001 U.Ug ﬂnu' .
0.13228E+07,

G+155067E+06,

Figure 16-5, OSO-I'Input Requirements (Continued)
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6£-91

$OPTION
ALPHA
AX

AY

Az
BTRMX
BWIDTH
CA

CE
COMRAT
DIAMAX
DPHI
EA
EANT
EP1
EQPF

FE

FEEPCT
FREQ
FREQR

.IENDL

IDEBUG
IEND2
IEND3
IENDS -
IENDS
IENDG .
IENDR
10PTCM

T A T R T R T A R R B I

D.12E+402,

GaBE-01,
045E~04y
0.5E=01,

0.128E+06y
~041E+11, =0.1E¢1i1y
D.1E402,

8.5E+01,
0.8E+03,

0.86E+£02,
A0y °

G.1E+00,
B.1E+00,
0+1E-03,
0.2E+01 4

0404

G.7E=01,

0.22125E+04%, 0.22125E¢04,
0.18E+04,

1,
1,
i,
2,
LT
6
1v-
Oy
B

1,

-n'

Figure 16-5. OSO-I Input Requirerhents (Continued) .
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ISBOFG
ISPT
ISTRTL
ISTRT2
ISTRT3
ISTRT4
LSTRYS
ISTRTS
ISTRIR
1SUB

K

KEOPT
LINK
HANY
NADIR
NET
OMEGR
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POOTAV
PDOTRX
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Figure 16-5. OSO-I Input Requirements (Continued)
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PHIFOV
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THOLD

i
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TSHALL
XC6SAL
XCESA3
XN

XNN

- XNNN

XNU
YN
ZN
SEND

Gs 4E+G2,
0+.1E+0t,
D.1E#01,

De ILE4D 4,
0-32183849049966E+00, 049530554 702293E460y 0.9024759994865E400 4.
' . ' -

0.0,
0.13E+03,
0.1E¢06,
0.1€+01,
U.iE#ﬂ?v
de0y
0.0
0.1E+01,
0.1E+01,
0.0,
0.1E+02,

DeHE+DL,

0.12eE+02,
Gels

6.0,

Figure 16-5, OSO-I Input Requirements (Continued)

0.88734849049966E+00,



*+ NASA SYSTEMS COST/PERFORMANCE STUDY #=

k4
4

3
=t
-

-} K =
nzo w
3= -

¥Exo [ %11
IO 4 3=
-z [ 7217 ]
-l b o
Zwzx = win
T e X -
oz = Dt
Dy bt it Zex
- (=]
OFeX Xy [7e] =]
zZoroo
X IX <X 75174 ]
oo =t

ONF (2))
L
N
p
N
N
N
N

(LY T L N s oo
QUL =ty Lol 4 el dd
Z IOt - OO oLt | oLt
LSOO, <L Lt L L v <ol

2 N ey 00
O b e U i b g D it =t QDO
[=} < =
O ANMDO A NI S N v YD e
QRN KRNGS0
e ma, my iee P, oo oy, g, e, o] e sy g, e T
ot LAUGVE a8 JE ST JE oK. S0, TF IV DY LoV g
s g L e Tan T |
AR Lol L Lt Lo b e 2
WIZZXPTEZTTZZ JZTEZTOCDD
HO0O02D0Q00CoNO0o=I0D
HODOTOOCOLOROOLHLIW
HEZTTEDZTTZ2LTZTI IR
= [=) [7H] L
L= - > 24

- .- v .
- o O o
[ — b s »
- XOXOoroe
w = e
ZEYy wEUTWE
oo 2 a
1OV Q>0

{NCONF (1))
A
£
E
0
0
E
E
G
G

HHHLIG O <aTX

NNNEEY~Jd.JOu0n

L d DT D DN T
JZ  DIDAEAAIMDLIHHHOO

= LILIWZ <L Z +* &
zZ UV e O b 3 e e [FTITT]
O J AN LIOOT T b=l

o et AT o o AT
OWDY"HHAGSRSSSSSS
'T) -
ZLNNNNND NN LINNNNNN
o e b 2 et el X )d B b
=z - o
IO OIM P Y 10U = IV LDy
TZH KRS UR o
O oy oy o s ) o e by iy 2 e g 2,
1 1 v v e e = QMG T LMD LD
T ] S St ot Sl () St ot %) St N Ve S g g
Nl ol e Ol il bbb e
NRL‘MNNNNPBNRNNNNNN
OO0 000 OORCOOOCD
HOM IO OLICICICIILILI0D
e T T T ZWWEZTFTXEZS
Pl b= <z -
ZZWn = w
O
[T
ul
=

o o
w ow o o
- Z¢ ow w o
W o OH W x
D¢ W OD o~ -oro
o << L] o =D Dldedbs}
4 T <4 W D& oEDe
© = 1 0 JEN O WMo
o - 4 S D oH oW oua
|l I ¥ 1 } 3 O k- 4 Gxro.
- - S ) =i v hul o9
o = w & 0 - D
[ I B O O =t
- - PULE w i w
=i~ T = Q. O
ol  j=- < DM Ui = O
564 w Z O NO Oo-r
I T O <SRNy e [=1-4 1%}
HIAZ e @ Bk = el E
- a O eHETdal gD
O @0 O SRO0OTW G
<O < Z ooxr Too
[ L X Op [F3 ) << o
w uw o OEUZ IO o skl
[=17,1=1 - WAHEOW>S> S
N - N - ¥Td COXZEZAX

IATOR AREA IS SUPPLIED

[=}

Wl woly D TONHHOWOLI A

OEQ QOO0 ITHEDENEETwLITEIILHIN

ZO> T
VOO M > % »xw
= 2w e
e »n o ow Moo M M
-ZE Z T, L S -4
Dt o =t WO M M
QW W ow 2 o ¥ et
OXrr ¥ x oo M e
o X X e XX
QAo @ - M o M T
- - - o M e
> .
iy non o il HHu
b -t
HHYY & & Caf & & o
Y ¥ ¥ Xy ¥ o o
Hwid L b oot W b Wil
b B e R e R T [ B T R S
= r
X - i
L] »
-
-
w I
= -
o (L
z
2 Jlur 1]
Oudeld GO -
s A e lin] n -
[~ 83 Y] >
W= - «f
ao b4 . T
e=11]1] < o O o
NoL x W . e
bt E1 %] W -4
) SO 1304 &l

OX T 2O o
LOXDLIACHO =20 (il
Nadi= EX W > Lt e 2
NN T NNT  DZi)
SO = o= S DE
oxr > = WD T (HOAQ,
E XRIIJNQODZWID NXH
=—Ocdal | AT XU w 5

EZZXXTMO deTOl T
o

N & «O =1
ounnnNoDZEZTO O oo
ZZXTEZZOAX LD Zown

Ol XL LTI O ), Z [=]

Zwitliblll EEIX oA el

SATXTEFTrXD T2

, 0RO IAD

AT OMNIHI . ASDCE UL

1 4] 3¢ 20N - OO I

PR o b L N = L

[TV N 1T : O
e . s

=MNEUHHAOHNAE R
=t 4 LIV]

VIO O (O O O O = 02 O
W-EEoord ofeErrryaoeo
QoL Wit W=t Lt bl vl tie
AL L b b o o b e ] o ot ] e oot T e e

b < A
" o >,
L :

X

16-42

22N
o u
[+4:4:4. 4

T Eorrns

Wwladtiug
= gt

XAXXXAXXXL

IERR

Computer Program Listing for OSO-I

Figure 16-6,



n et
-4 P Y g
- o =z
o - o -1
[ = B I RN » o
hDwidyp @ oe
* e PN o~ we
=it -y -
uj facd
= 0
a
- |
= [
(=} = th
w - =)
o =3
= =t ”
Q ETr -«
| aed = M
[7g] -0
in -4
- =-x
x 3= £ n
= - - . N
| - 4 s
o o M ez
-] <t Oy
< s e s e vo e sMw
=00y © - 4 - —
<L N W (-4 M o
an - Z | = I
[ [=3 N o @
L] .} [72] LU 4
=z 4 -~ 53]
Lol x [ T N4 | ol ©
o Q [TV 1Y b X @
) ] ot md Y ] [1.]
t e Ei O 112
=z 0y Ddae-x Lt I
— SOk OXu< =T >
- D wd O X I o= =
n Z [~ o vy DT =t
LT e DM HZD
o Noo D ess [FIE o] o B LYY
- - <Io0 oo el e
| J 7] Zo Moo NNT
-} Zaw o M e ©
L O lefvdr 8 Q e
e - zonxr 3
* e = = 2t
- we <L =] aLwdwe T r
* . [&] [ -t Ot
h -0 = =0ty v
- I’y O o L kol o0
a W a x -t — - )
At n p = = - N oy ed
[ 1 & o (L. (&) O Ox
oL L=} oo w o u - -t Pt
¥ o P 1o [l E 1 I X A = |
m = - ) 7 < ¥ z < N -
= (=) L1 {4 [} ¥ T w ow o ot ™~
> (=] =3 11 o W pgl— <X [ = *
I T ~Z0, [ D _Jd Ol > < *
AN (3t W Xwx =2 o L Y eI Z
z QA L TE db- bt n o oW L -
o mn O DeTet et W < NDIk= SO
=t a4 LTXEN O W WOk Z HZp0
o 0 = AT W W l-d Y LI W
Wor=l i 4 VUi GQIWAE O IO KOS J Z.02w
QD O 20F Zu,) < 0 i > W uwe
ZO> O N0 o RO ¢ D ¥ KD O Xe_m
10 Oz - TIZXol O M2 ujstist HZ -
QIO Ot THNAODUK 1Z- XX | Ccwwe

L] . ] Z o
SCIDNiTWaiy Or Nt E® 1 JZ $0AT P EMQ-E
ZZ Od W0 i i o ~ZXa b [T (™ L]
OaXEZODIZT_4Z0 LIy L ZXOWZWAN Z-m0D.)
H_OOHAAODZOOLOOEAOWONODOIOLIAZVOW Culh
ZH OG0 EE L Z-0 Ok MZ N E L0
OO OX T N-ENNOL LI WAJD W & <
g o 2 ) & bt 3L Ui w1y 8 LI Wil e«  (IENSUIWIZAYN
- O W -OOZEZOL D0 Qi DHY JTO -
QU2 D JODD EXmHINES DG IOt TGO HIZ
UINQIZIXOIOUAHDDIAIDIDIODTECOL i Ol
A b pmid bl o e (b O X (D 2 b bt (1 o $nd ) e et 22 S (Y e X

Qi OFUL 00O ZUL UYL ZOm _JLWO-O0
HEQ T ZOD DEQ T U I =T
ra0 =No a0 x0o [&1=] ~-o

) X =0 o ey ro

| Kol =2 < o -t w

Qurn b4 =] o ul >

L2 3 o

owm

16-43

ORIGINAL PAGE 1§
OF POOR QUALITY]

Computer Program Listing for OSO-I (Continued)

Figure 16-6,



SYSTEM

ME
A

ETI
NTS

RE IN DOLLARS)

it -4
—
=
w W
x [%;] [
- -4 > wiin
w (=} Ao
w - = oom
= a [= e
z L § ~t 0
- =2 = o + >
o Z w
[T ) e
ZxO
e = O
ZZVNJZE
HOUIO <t
b= O
= = ey
WRODZWLE
ZOZOZA
HO WX
0o
ZU»NX
WL 2 e <X "~
=i NN
d 0 TTTIIXTIX
H=-OaAo T o e = = e
ZZ022> i ey ZTZEZZXZTE
DOV v » a s a2 QOOGQOO
Z DM o EXXFEIXIXT
wmoe 0 e e e e
oy N FSIOMND
= Ned o 20 9 0@
F O R F {0 MO NOMNMNOY-
" a0 o oltlimii [Tale Lot L) E
Mo FNNID @ O .
I IS
Cled M0
Wty D0 11}
oo N =
e oo -
SN KL [ od
=]
[7¢]
2]
Lk
=z
=z b
o o
ool nohoo Jao W e
[ " a s e e s X (]
< OMOE TN o
>4 Ot P M
10 Wno™M o 0JIN | el
W +MNE O S = WIT
o =Fond ™ M ZE OTOO
= X QOOMN N oM WrUIeE
Z O QNed M i XX D
1Y) [L U AV} LAV - Sy S R T - 4
x o OF=Z
a = 0 00
L S Wl Z O
> e T L
O O w Wt s
oW Zi- - QOX O
- -z - LI Z
g Last i 47V z Z ZhOouuwo
iAW w 2 Ot Y s
LIDWowus = Lol TELZ B o 206 [0 ] I 2

QD =W S OO L0
b B OO L) e =00 AL
NNOING IN-ANDZO JELOMNT,
LIWO DI 0= =D D sIOX DO M
DTTQSP“SHTQGLCPDCCSSSS

L&)

SCHE

16-44

puter Program Listing for OSO-I {Continued)

Com

;

Figute 16-6.



5645 {HATTY)
H
H

el XL
ey Qo
o ul Pl o,
2 & [ TR THe o
-t Ll ]

o -t dE

(414 X

s L Zulcn
By m=oe Ldb=
~ 4%
» < O

4+ % & &
451 95
Y
2
E

o (=3 BV 1T
tul NrAIIOS T -
=1} n oLheh o
x N e 8 el
= - ZXeT
= QoM™ .yl
N M L=
= T ey L0LZTo
[T -l " cou
= 3 P
vy =t . Latua,
w oy o O
=TT, L TTREE o ot W
- = N jaa]= 1T
1O (=] o] >
[P ] OO =Zuw
1 —-D=0n ahk=  FLIO

o bt 1100 00 2D 0L G e
=Sl =T =<QOX o
= WZLW sk=HHRQODI W

8. D(RATTYK

fe == o

o

zZ

jale]

rr

T

ne

-

Ealad

(A1)

.. 1=] rxr

. e el ot

- B [ ol
ne

WO =

[T+1T3] jule]

12, 0CHATT)
H
H

=>m g af = Ly
ot Lo o oL
i) e Tl bl g, w bt .
e ey oL ubxr
~” Lo [t Ll o
. o d o )4
el iF s G Ut <Xy
D Ehiep j=l=1-3 O e e DX
~ O (W O [=177173) [« 1w L
o QO o aco M~
oo =X . (515 ] X
e LUry k. - FTELY
D - - [T - Ll
[T I B = ™ =
¥ e Od= » o [
b QAW * x . G ul
Qiwthes T LIS rox D B-ulvi)
Wby = QI w O3+
i b ) 2 - - o Lef O
(171} =
Po I e o v o (S} Y p= o e ()
o e A ITw 1 Lal X
. o e b=l - FutE b= 114
[ Y B g bt o -5 444
m OO = QO
<L rro [=] xXa
N D et ] - T
= -4 Moy [yl SYTY ]
7] ul - oY [v4 LN 1-'4
o 2 Q O
o 3 - o -
Tl b oy (23 w X
QX L] w x o
N Doe L) Ll =t [ 5] =2 SO TR ]
-l D TE L) o e TEDD
OV o ¢ ML, o C o M L
32“»._.5380 b= RrtIDORRD -
(=] o =1 [ (=12 o
v ewiNED & e ZWN eSO ¢ ==
P B0 ZTFa OV -0 Zx
MRy rwl O modoe (L
IR L] =+ EX ety X
O O LOAZrHd IO - aaZo
- MO OQOWwi=IN o= [={=iTt]
Loyt A E Z0. 0 bt E D
1] - i s L] Lt~
o o D20 EJE -~ O
Gl Uy e Lititd Deviy =t winyJg
HON e QOW b= [%2175] [~ ]iT
ol [= ] > =Oh o0 -
. L0 =Xul Nule OO» =XuJ
OlmtA = b= ZWWO ZOi=tn s ZUIOo
QZUW T a0 L= —-—_UZ) (=1 VL] o]
L wH OUOJWZNE W OO0JUINT
O10F =HZEW _JOMU OO Z0_ 001
HOoE LU OO0 Ve ket 0L @ D0 A
i =Ix <SOEMN <t =T po =g el 7]

-l WTLD

=it O D >0 WZY sk M=y
O Z OIS TN D Z O 5= 1 b T2 D Z 0 i U I T VIO

- OODUWWEWD LI OOl Z WO
RZ=-OTODHN HORMOEOO0D0N
DO - b
(2 S et Qo =
U= O Z X 2 444
O Didw >t
NOTXI [L AL 33 o
Eri=0.0 <=0 0
[Time TR =T L, el
=t DD )
noaooo Lai=l=1<
e Ol bl FVT]
i e 2
Qa@w <X
n>2
(=17
»
*
»
»

WZOODWZWo )
O X DD O sl

16-45

Computer Program Listing for OSO~I (Continued)

Figure 16-6,



104, J{HATT)
T
T

= g«
balst =) [ ld)
© Wi Ll a N
~ o Wi

=

-4 -t ed E
bt LS
S X po o - 24
@O Qi O

Qo0 o,

[A]&) = o
MM - Zuy
ZO = Wwip=
Hin Mo Zin
- ¥ =t O

oOoOH
73] o
L\ ol
e JC =l 1T ]
zm . oY
w oy
- o -
Zw~ilg x
<o X o

D e oz
el Y oons
=] = -t

» Ll €.
o o DO

=t (%172 onw
[TH T o0 >
it QO k=¥l
=) ke ZLICY

DZw «Qv =
wiet DOJUWZWNE
| O Zor. 10> Ul
H b= L3 0. 0 DL e

1 <XQEDW

B00Y MOUNTED SOLAR ARRAY

t D
Jiteey
t

=« 0 (HATT)
}
)

Dl <t
e Qo
LN Ll
xm whbr
- i
[+ 4 wdd Z

Q0w ST~
a oo 153

(&1} o ]
[ Zt
-1 . tip=
Mo Zw
¥ ey (=0
* W » Q. el

220.0(HATT)

=ALIL COA N

gk(FT“3l, POWER RE

254
AVERAGE UNIT COST
c
S
T

TOQ V-

QXD TuiIOX O

=X Hm
WZD ebd=iliO D e WIZOZE ob= i D2 220 e IO D e

ZOdHWNH_ AT OUNWE O AR LT O AW T e300

NOOIDIWWFu|L OO WIZuICy Zwouwo
ZrOOaTOD NN O=HOOTTODXW [- B =t A7)
O [N -

b T e <L o o =
—-Zr A ZE (=4

=< Dt <3 il L

(&1L} = QUIX

= Q. =0 =

Z i b Ol gt [=]
DED2D —-—=20 -
TOoo™ OOooC %3

T Okl e tutd vy .
o - -l

(&} 1] x

16-46

Computer Program Listing for OSO-I (Continued)

Figure 16-6,



1

1

0

I

3
253327 .1

0.0

KO
< LJul
T
& o m
L) gl deT
[
=
<ToIOI
[-ei g el ogm ]
743
DM
- * el e e
— e T wnf
N M
» x | el
» ™ MNNd
e D LD,
b +— < 1
w O T «
b Rl
o K @ o
. - - Lal
= 3 O bl
- O © o
€O O (o
Wik=-O 0
(¥ AT
o (ol
i e
WL
E p-dv 4
wo
-
Q »—0r
o X [Pt
Cut o =uiZul
o Lf T
-t X (=
=z QLo
o Q. o
oo =
- & a<
~det ol x
Lt = =
rQ «< «i}
K U WX
W T T
I
[

-
LT
fatatol
-

bl
Mk
Sohey

. e

- e
—— g

HHH
e

MmMe

TIT2NO
W O
e sO@DT
W = sad=t (O
ZOO LMy
MEZ «xly
[ 3] -0

Ny o

P Z O L,
Oy IOD g
ON=FZIOO
mSSFEESﬂn

23]

0.0

560144.1

COsST
COSsT

EVAL.
UNIT ENG.

+

TEST

a0
[ a4
WLl
[ e ] ]

QRIGINAL PAGE 13
OF POOR QUALITY]

16-47

Computer Program Listing for OSO-I {Continued)

Figure 16~6.



1 % *» 5

= = BDESIGN NUMBER

Le -
I
oooofoodoes
() s s 8 0wt wee
T wetoooooc

witheh M
g
uno
oy

n

1158
26013

[=
wnoooeeoon
dED e s a6 @ 08 e

[ETL I T Lol =l el =2 gl
e PO S
T eVt 3
WO M 0
pg ] SN T VI S N
(v o] ™~
Q.
oo oms
s s 3 s " " ase
nNoeooEoo

OO0 © o
oNooQ O o
oM O U
s O rih-02 W <

[TV ] -
-
[=3
FOOOOOOO0n
VIe e e o090 90
CooooDoOomn
ODoos o o
oo o o
D FOINY O
WO I WO
s Feifled D
Ot
£ 0 ol £9 65 LN D 60w
bl ®# #« = 2 2 % » & @
HI@ oMM O
=0 -
-] o

Ll

o FNorMeond
D s v u s et e
=]
z9
o>

=IO PO
T o oo 0o ¢ e
e L3 O D T i
bt bal
=1J
ox

* O et O DI O =t
Qo
=

. = N>
() MHANIZDL
Q>IN ww
BIMA JlieT <X (D
SBWZ B - 4
ET L= N I P AT e o IT}
+ EXp=mbtdw-2>
T LT~
Q> EQUHY SO
WD =00
EonzZuw

Qo JaZmY
W g Oag®E
A LW A=< F HOO
>0 <Ok
=T ZaZO
WELID=OO <
O3NZTLOMNEZN

[

O O ed vt bl ot
WinninInIn INnoo
02 PO M O
— -l

P 7,

IO ONSODHOOD
() ® o 0 & o & b
I Jooooooo

wnmmo o tooo
A a0 e s s e
oUInNoo oo
-t o
T el
[ 18] T
>0

[+ 4

-8

10803

SO0OOOOO0
I N
NOoCooOoOOoo

oo
Neseeease
OHOHOOOTICI
[&] =]

o
[ZTedls}
[IEEs ] o
(]
[}

51175

Yoocoooeon
| S TE R N BN )
HY - OoooO00
=0 i1
o0

w
EvoOwFmoo
D e v s
(S | P
=0 wn
o>

PO 200

LT evesersne
[t Ao BT B
badb=d -l
Z 1l -
DX

oD OJF O DJOS

2D D e
= il
ZZ - Zr-d
oot

-
ZUVM F IO T ot
Woooolitho o
O et N SO
-

AUXILIARY PROPULSION
T
T
L
E
T
£

UATA PROCESSING AND INSTRUM

16-48

W=
wd i
UoooLoOMMinNHOoODo
H() oo s 0 ¢ a0 808 9
I SoodhIoNGaos

-
LI OSSNSO S
= I R R A I
QOMFIrNANME D
PN O OO M
I sh=pyMmOMn TN
WioWwoinininooho
= O e lat 2 PO

14

a.

CoROOOEo0oORO
br 2 s s dossoer
NooOoOQOuOoon
OOOOoOOCaIte
USQQOO IO
OO T =D

“455”2

T+E.

——oOOooOOEo0;

1 a0 e s 0asacn

00O ooODoOocs

Looooooon
coDoooo
Elead 0 (M- 0 N IV 1

IO OO M M ) t

- &F

]

KFInm e o oo it
=Ll ¢ s s 08 su e
HE OQoOMedaiMbe

ZO bl hal
ot

t

oot wediie
T e 0 s 0 s 0w e
]
=0
)

= O Mo OO0
X o s s a0 80
=) Al T il
i
Zzty
o

* Ot el DO OU I U
o
=

o <X T O OF (¥ OF D o O
HZ2Z LWL et
EZZ =t X (>

S E2ZTEOZO XD

Z O v O D it
weooooooocy
QSN 0D
]

COMMUNICATIONS
T
s

Computer Program Listing for OSO~I (Continued)

Figure 16-6.



ELECTRICAL POKWER

COST T.E.

0.E.

EQUIPHMENTS USING COST ESTIMATING

RELATIONSHIPS

Wl

oot ooo
WYl s e s 288
HOQOOQOOO
4 & ]

w

> e

ENG

Wkt iMooy
=AU o 8 0 000
LO=-0OMIINGD
=HOMIMOOCO
T MOooODMOM
W et MO0
p o T2 TV TT, V1,974V .

OowF MmN

o

o

IO eIty
s s s enve
AROO M vl M
OO ON-T U
DM D =\

OOMIMeH T

b MN OO 0
(TR o WLV 1ot [T, Y,Y
- .

-

Moo
~ = a2 ¢ s o=
N0 D -FO0SN
Qi Db $IN
Qutpk-hoo

SoMoudnn

sFoModinNg
5993“2“3
-

o

e MY ihe0

L

R

0
TROL UNITS

LOELOY -0
ZI-aama

16-49

Computer Program Listing for OSO-I (Continued)

Figure 16-6.



Table 16-6. OSO-I Weights
Subsystem Model Contractor
) Estimates Estimates.
kg (1b) kg {1b)
i - e g
Structure 183.6 404.8 140, 309.4
(includes adapter) .
Thermal Control 6.0 13,3 7. 15.4
Electrical Power and Distribution, 139.3 307.2 88. 194,3
Stabilization & Control 145.5 320.7 334, 737.0
(includes APS) ' : .
Expendables 32.8 72.3. 11.8 26.0 -
Commmnications, Data Process- 32.5 71.6 65.0 143.2
ing & Instrumentation -
Mission Equipment 384.8 848.3 384, 848.3
TLaunch Weight 924.5 2038.2 1031. 2273, 6
Table 16-7. OSO-I Dimensions:
Model Contraétor'_
Dimensions Estimates Estimates
m (in.y iy TTL {in.)
Diameter 2.18 86.0 2.10 | 82.8
Equipment Bay Length 3,79 149.3 1.26 49,8
Total Length 4,48 176.3 3.24 127.6 -

16-50




16.4 TRADE STUDIES

The Systems Cost/Performance Model is an excellent tool
for performing trade studies and sensitivity analyses. A series of com-
puter runs were performed for the express purpose of exercising the

model's capability., ‘The studies involved:

a. Determining the influence of the S&C subsystem type on the
total payload.

b. Determining the effect of increasing the payload reliability
requirement,

C. Determining the effect of increasing the mission equipment
power requirement.

d. Dete nninihg the effect of changing the total immpulse required
of the APS subsystem.

e. Determining the effect of increased payload maneuver (rotation)
rates.

f. Determining the effect of inefficient use of propellant tanks.

The studies were not intended to be exhaustive; they were intended to test
the model's ability to demonstrate the interactions within and between

the various subsystem configurations, performance, costs, and schedule.

i6.4.1 Stabilization and Control Subsystem Type

The current model can design five different S&C subsystem
configurations. The intent of the trade stud-y was to determine the influence
exerted by the S&C configuration on the total payload design. The inputs
ior the study allowed the computer program to use the internally stored
repre sentative values with one important exception; the main engine burn
time was set to 2500 sec so that a monoprc;pella.nt APS configuration could
be successfully designed. The output design consisted of the following

subsystem configurations:

a. Monopropellant propulsion

b. General purpose processing
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C. Unified uplink and downlink with common antenna
d. ' Body—rnouni:ed solar array

e. Shunt voltage regulation

f. Cylindrical vehicle

g. Single system redundancy

The computer program was allowed to do a macro search on the five
S&C configurations.

Figure 16-7 presents the S&C weight, the APS dry weight,
the propellant {expendable) weight, and the total launch weight for the
five S&C configurations. The reader will noi;e that the pitch momentum
wheel configuration results in the lightest payload and that the CMG con-
figuration results in the heaviest. This is to be expected since a designer
will select the CMG configuration only when he is willing to pay the
penalty (e.g., weight) for vehicle maneuvering and tight pointing and
rate requirements. Another point of interest is the difference in weight
distribution between the mass expulsion and the CMG configurations. The
expendable propellant weight in the mass expulsion configuration is directly
proportional to the basic requirements (e.g., lifetime); whereas,the CMG
configuration is far less sensitive to changes in the requirements.

Figure 16-8 presents the S&C subsystem cost as a function
of the subsystem type. It is quite possible that the cost estimates by the
current model are low; this can easily be remedied. The important point
is that the relative positions of the model's cost estimates are consistent
with actual programs. The CMG configuration will be far more expensive
than any other type of control, On the other hand, the heavier weight of
the mass expulsion con‘figuration does not imply that it will be relatively
more expensive. The dual-spin configuration is not a si:mple_ configuration
to design and build; hence, its cost is expected to be on a par with the
other three-axis control types. A major point made by this trade study is
that cost models for the S&C subsystem should at least take into account:

a. Subsystem type

b. Amount of electronic equipment
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c. Amount of mechanical equipment
d. Amount of expendables

16.4,2 Mean Mission Duration

A series of computer runs were performed in order to
determine the sensitivity of payload weight and cost to changes in relia-
bility requirements., Figure 16-9 presents the weight estimates generated
by the model as a function of the payload mean mission duration (MMD),
requirement. The input requirements correspond to the DSCS~II payload,
and the nominal design weight is identified by a small circle. The minimun
weight, single-string system has a weight of 440.4 kg (970.8 1b) and an
MMD of 21,8 months. As the MMD requirement approaches 48 months,
certain equipment (e. g., the despin mechanical assembly and the mission
equipment which were not allowed to be made redundant) prevent the payload
MMD from being increased further. The net result of the analysis is an '
interesting and logical understanding of the impact of the mean mission
duration requirement on the DSCS'-II launch weight. —

Figure 16-10 presents cost estimates generated by the model
for DSCS-II as a function of reliability. The cost estimates are relatively
insensitive to changes in payload MMD at low levels due to the inherent
reliability of the single-string system. However, attempts to inc rease
reliability substantially cause costs to turn upwa’rd reflecting the dimin-
ishing returns angd increasing costs of adding redundancy. The cost results
generated by the model provide more insight than the current CER
approaches which are restricted to straight line approximations about

the nominal cost.

16.4.3 Mission Equipment Power

Figure 16-11 represents the effect of changes in the mission
equipment power requirement on the DSCS-II launch weight. The weight

change reflects not only the change in the electrical power subsystem, but
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the changes in all other subsystems including S&C, APS, CDPI, thermal,
and structure. The; distinct advantage of the Systems Cost/Performance
Model shows up in its ability to predict the -effect on all subsystems of a
change in another part of the vehicle. Figure 16-12 presents the cost
estimates generated by the model as a function of the payload electrical

power requirement .’

16.4.4 Total Impulse

Several engineerin-g reports pu.blished in the recent past
have presented the sensitivity of APS subsystem designs to the total
impulse reguirement. ‘Since the general trends are known, it was of
interest to determine whether the Cost/Performance Model could provide
the same information by making just a few computer runs. The results
are summarized in Figures 16-13 and 16-14, The main engine burn time
was used as the input variable controlling the total impulse ré:quirement.
All other inputs were the internally stored representative values. The

output design entailed the following subsystem configurations:

a.’  Three-axis mass expulsion with pitch momentum wheel
b. . Special purpose processing S L
<. Unified uplink and downlink with a common antenna

d.  Paddle-mounted solar array

e.  Shunt voltage regulation

f. Cylindrical vehicle

g. ‘ Single system redundancy

Figure 16-13 indicates that for lc;w impulse requirements,
the minimum subsystem weight is set by the minimum hardware
requirefnent. For high impulse requirements, the weight is proportional
to the impulse requirement. The curves are ;:runcated as shown since
the subsystem types are limited bj} the program as to their applicable

design ranges.
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Figure 16-14 presents the subsystem unit cost as a function
of the impulse requirement. The figure is interesting because of the cross-
over point between the monopropellant and bipropellant types at 4.4 x 105
newton-sec (105 Ib-sec). If the cost model took into account the subsystem
type (which it does nc;t), the cost curve for the monopropellant system
would be expected to be higher and, thereby, exhibit a crossover point
with the cold gas systern. Clearly, future cost models should distinguish

between:

a. Propellant type
b. Amount of mechanical equipment
c. Amount of expendables

In general, both figures are rewarding since the results were
obtained-with only sixteen computer runs of 3.5 sec each and are very

similar to those obtained by time-consuming hand analyses.

16.4.5 Maximum Maneuver Rate

Maximum maneuver rate was selected for a trade study since
payload program managers are greatly interested in the penalties associated
with increased maneuvering rates. Figure 16-15 illustrates the change in
the S&C subsystem weight and the total launch weight as the maximum
maneuver rate requi.remeﬁt is varied. All other input values used were
the internally stored representative values with the exception of the mission
equipment weight which was set to 453.6 kg (1000 1b)} in order to magnify ‘
the influence of the maneuver rate requirément. The payload design

consisted of the following subsystem types:

a. Three-axis mass expulsion with control moment gyros
b. Monopropellant propulsion
c. Special purpose prO‘ceséing

d. Unified uplink and downlink having a common antenna
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e. Paddle-mounted solar arrays
f. Shunt voltage regulation
‘. Cylindrically shaped vehicle

h. Single systemn redundancy

The figure illustrates not only the change in the S&C subsystem' weight,
but the effect on the remainder of the payload,

16.4.6 Number of Tanks

-As part of the trade studies, it was desirable to select one
study which required the use of the micro sear::;h option. A natural choice
was a trade study which demonstrated the effects of using propulsion tanks
which were either too large or too small for the given amount of propellant.
Too large a tank simply means that only one tank is required and that the
excess weight and volume is wasted. Smaller tanks require that more
than one tank be used to store the propellant. Location and reliability
considerations often indicate that more than one tank be used. Of course,
the number of tanks can be carried to the extreme where numerous small
tanks are used.

" The data presented in Figure 16-16 is the result of one
computer run using the micro search option on the APS subsystem. All
input values used were the internally stored representative values with
the exception of the main engine burn time which was set to 10, 000 sec.

The iaa.yload design consisted of the following subsystem types:

Three-axis mass expulsion with pitch momentum wheel

TP

Monopropellant propulsion
Special purpose processing
Unified uplink and downlink with a common antenna

Paddle-mounted solar arraye

Lo T T « PR o
L I I ]

Shunt voltage regulation
Cyiindri.cally shaped vehicle

Single system i'edundancy

:'3"UQ
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Figure 16-16 presents the subsystem and total launch weights
as a function of the nuﬁber of mono‘;')rq_pellant tanks required. Although
the data is plotted as if it were continuous, the curves are actually stair-
case (discrete) functions. The data.is also plotted on the basis of the
theoretical requirement (i.e., on the basis of 1.5 tanks or 0.5 tank Being
required); Each point on the curves represents a {(micro search} design
using a speci—:fi‘c tank. Using Figure 16-16, the program manager can
determine how much additional weight would be required in exchange for the

versatility of more tanks.
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17. CONCLUSIONS

The principal goal of this study was to identify and qué,ntify
the interrelationships between and within the performance, safety, cost,
and schedule parameters in support of an overall effort by NASA to gener-
ate program models and methodology that provide insight into the effect
of changes in specific system functional requirements on the totalvehicle
program, ’

So that this goal could be achieved, four objectives were
" established for this study. The first objective was to refine and improve
the cost/performance methodology which was developed during the preced-
ing fiscal year's study, The second objective was the application of the
methodology to unmanned, automated payloads. The third objective was
to implement the resulting model as a digital computer program, The
fourth objective was to bring the digital computer program to an opera-
tional state on MSFC's Univac 1108 computer.:

In fulfilling the objectives, the Systems Cost/Performance
Model was established. The Cost/Performance Model identifies accept-
able payload designs for the following subsystems: )

a, Stabilization and control

b. Auxiliary propulsion

c. Communication, data processing and instrumentation
d. .;E‘le ctrical power

Thermal control

f, Structure

Redundancy is added to the payload design as necessary, and
the costs and schedules required to design, develop, qualify, build, check-
out, and prepare flight vehicles are estimated, The model incorporates
a data base comprised of assemblies with the requzsﬂe performance,

safety, cost, and schedule information specified.
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The Systems Cost/Performance Model was implemented as
a digital computer program in-Fortran IV. The program is operational
on The Aerospace Corporation's CDC 7600 and IBM 370 computers and
on MS¥FC's Univac 1108 computer. Use of the computer program allows
the user to establish specific designs and the related costs and schedules
almost immediately. In addition, the user is able to determz.ne the sen-
sitivity of design, costs, and schedules to changes in reqmrements.

Three test cases were used to check the Cost/Performance
Model and the operation of the computer program. These test cases

were:

a. Defensge Satellite Communication System (DSCS-II)
b.” Earth Resources Technology Satellite (ERTS-A)
c. Orbiting Solar Observatory (OSO-I)

The results of these three test cases do indicate, in fact, that
the current model is capable of reasonable accuracy which is limited by
the accuracy and completeness of the input data submitted by the user. For
the given test cases, the physical descriptions and equipment selected” *
corresponded quite well with the contractor's data. At the same time, the
model provided estimates and, therefore, insight into the effect ofhother
variables {e.g., reliability and power requirements) on payload cost.

Generally speaking, the Cost/Performance Model should
exceed the performance of "top-down' models. The model uses a "bottom-
up'’ approach and, therefore, designs the payload at the assembly level,
Greater accuracy is achieved by the very nature of the more detailed
design. This accuracy will be reflected in the cost and schedule model
estimates. A second attribute of the Cost/Performance Model is the com-
pleteness of the design specified. Pieces of equlpment are not forgotten,
and redundancy is automatically included in the spec1£1ed design. In addi-
tion, the impact of all subsystem interfaces and interactions is properly
modeled. The net result is a payload design which is as accurate and
complete as one from a Pre-Pﬁase A study and which isg available‘ to the

Cost/Pezrformance Computer Program user immediately.
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The current Cost/Performance Model is limited to modeling
spacecraft in earth orbit. More importantly, the current model is limited
in the range of payload designs it can generate by the limited amount of
equipment in the data base. Accurac_:y} of the cost estimates is limited by
the relatively limited ‘amount of cost data which could be reduced and
processed to support the data base cost entries. .

Because of the detzailed nature of the model, the uses of the
SystemsCost/Performance Model far exceed that for 'top-down' models.

The following uses of the model are suggested:

a. Pre-Phase A Planning
1. Structure realistic programs in terms of matching per-
formance, budgets, and schedule.
2. Perform mission model analyses.
3. Assess the potential savings from use of standardized
equipment. :
b. Preliminary Design

1. Establish specific payload designs and the related costs
and schedule to meet the program requirements.

2. Develop standardized designs using a data base consisting
of standardized equipment.

3. Identify low cost designs using a data base consisting of
off-the-shelf equipment,

4, Perform modularity studies by modifying the model to
assign equipment to modules,

C. Program Management

1. Assess contractor cost and schedule estimates.

2. Determine the sensitivity of design, costs, and schedules
to changes in requirements.

3. Perform trade studies to identify optimal designs.

4, Use in "Design to Cost" management.

The model can readily be expanded in its scope to perform many other

studies as well,



The’ computer program aids the designer in performing trade
studies and simplifies the achievement of a balanced system design.  The
model will become a more versatile tool in terms of p'reliminary:prqgrazn
planPning'and-in é.ctual program ménagement as it becomes movre fully

developed.
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18. RECOMMENDATIONS

The principal goal of this study, which was to identify and
quantify the inte rrel&?ionships between and within the performance, safety,
cost, .and schedule parameters for unmanned, automated payloads has
been met. The cost/performance methodology developed during the
FY 1973 study has been refined and substantially improved. The applica-
tion of the methodology to unmanned, automated payloads resulted in the
current SystemsCost/Performance Model. The Cost/Performance Model
has been implemented as an operational digital computer program on
MS5FC's Univac 1108 computer, I—Ié.ving achieved these objectives, the
following recommendations are made with respect both to improving the
model and verifying and validating it, _

It is recommended that the model be thoroughly verified and
validated. The most useful validation procedure would be to use the model
on test cases selected from historical prografns, operational programs,
and new starts. Historical and current programs provide the most accurate
data by which to validate the model. New start Programs will test the
applicability of the model as a preliminary planning tool. It is further
recommended that the capability of the model to predict space vehicle
interrelationships be tested and the potential for agsisting in program-
matic change control such as configuration management be evaluated by
a user review.

Although the model is operational, there are a number of
improvements which should be implemented. The -suggested improve-
ments are listed below for applicable subsystem, reliability, cost, and

schedule models:

a. Subsystern Models

1. Stabilization and Control

(a) Refine the disturbance torque portion of the model,
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(b) Incorporate a magnetic torquer in the model.

{c) Improve the detail and accuracy of dual spin,
yaw spin, and three-axis mass expulsion con-

figurations.

Data Proces sirﬁ

(a) Refine the algorithm for s';alecting general
pPurpose processors.

(b} - Incorporate data:compression in general’
purpose processors.

() Incorporate selection of tape recorders in-the
’ model,

(d) ~Incorporate an algorithm for selecting command
distribution units.’

Commuhnication

()  Expand the model from the Air Force's Space
Ground Link System (SGLS) to include NASA!s
Unified S-Band (USB); -S<Band and VHF equip- -
ment,

(b) Expand the model to apply to interplanetary

- missions. = -

Electrical Power

(a). Refine the combined electrical/thermal relation-
ships,

Structures -

(a) Incorporate the truss structural configuration.

(b) Incorporate effects of strap-on soiid kick stages.

Vehicle Sizing

{a) 'Incorpofate provision for rotation of the vehicle
relative to the normally defined axis.

'Thermal Control

(a) Incorporate the effect of duty ¢ycle in the model,

18-2



b. Reliability

1, Incorporate mission equipment in the model with pro-
vision for increasing reliability of the mission equip-
ment, . :

. 2. Incorporate a model of pulse-operation (short dura-

" tion) modules.

3. Provide for redundancy at the subsyst_é}n level
similar in concept to the current component redun-
dancy approach.

4, Delete selection of redundancy based on the tnean
-mission duration of the system., (Selection based on
system reliability is substantially faster and provides
similar results in most cases.) :

C. Cost
1. Improve the accuracy and applicability of the data base
and CERs based on additional data.
2. Develop CERs for equipment not previously flown.
3. Model the relationship between cost and schedule.
d. Schedule
1, Improve the approach and accuracy of the model by

collecting and processing additional schedule datg.

In order to make the above improvements, it should be clear
that additioﬁal cost, schedule, and technical data. must be collected and
processed. The focus of the current study was on developing a model rather
than augmépting a data base., Only after the model was successiully devel-
oped and proven as a useful tool could data collection be justified at such a
detailed lc-’evel° " On the other hand, lack of adequéte data hindered the devélop— '
ment of the current model., The cost model must be considered preliminary,
and the schedule model cannot be-considered operational until sufficient data
have been ;::gllectec-l to improve and validate ;‘.he_ model. Hence, widespread
use of the Systems Coét/PeréEbrmance Model depends entirely on the collec-
tion of perfor'rnance, .safety, cost, and schedule data at the subsystem compo-

nent (assembly) level.
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Section 3
a

a,a, a
x’ Ty %z

NOMENCLATURE

semi-major axis of the orbit (nmsi)

misalignment errors in mounting inertial measure-
ment units relative to the vehicle X, ¥, and z axes,
respectively (deg, 30) )

effective flat plate area for computation of solar
torques (ft2)

drive quantization error in the gimbal drive
assembly (deg, 3¢)

gimbal drive error in the gimbal drive assembly
(deg! 30‘)

biax droop error in the gimbal drive assembly
{deg, 30)

value of the numerical inte gration term in the
filtered roll horizon scanner noise power {dimensionless)

pProgrammer sine wave error in the control timing
assembly (deg, 30)

drive quantization and delay error in the control
timing assembly (deg, 3c) )

Measurement compensation error in the control
timing assembly (deg, 30)

pipper drift error in the control timing assembly
(deg, 30)

quantization noise error in the control timing
assembly (deg, 30)

controller error in the center electrical assembly
(dEgs 30)



NOMENCLATURE (Continued)

D . vehicle diameter (ft)
d,I, . distance from C.G. to main engine (ft)
d,d, d gas jet lever arms on the roll, pitch and yaw axis,
x Ty Tz . :
respectively (ft)
db . deadband (deg) -
db , db : db deadbands’ on the roll, pitch and yaw axes,
xT Ty z ivel
; respectively (deg) .
dl bearing and motor friction error in the despin
mechanical assembly (deg; 30)
d, bearing runout error in the despin mechanical
assembly (deg, 39 - -
E aﬁtenna elevation a.ngle,'(ra‘td)
EQBLG length of the equipment bay (along vehicle x-axis)
: (ft) (for a box configuration)
EQBSID width and depth of thg.g_qqipment bay (ft}{for a box ~
configuFation)
g%i%i’ vehicle X, ¥, and z dimensions of the forward
EOMI1ZL | mission equipment box (ft)
ggﬁ%i . vehicle x, y, and z dimensions of the aft mission
EQOM2ZL, equipment box (ft)
e horizon scanner anomglie’_s (deg, 30)
©AR attitude reference error (deg, 3o)
€11s horizon scanner erfor (d'eg, 39



NOMENCLATURE (Continued)

antenna misalignment (deg, 3c)

antenna beam pointing error (deg, 39
programmed p-itchover rate error (deg/sec, 30
horizon sensor noise (dég, ‘30)

horizon sensor radiance {rregularity (deg, 30)
horizon sensor qua.ntizati'on error {deg, 3c)

horizon sensor sun interfefence error (deg, 30}

horizon sensor moon interference error (deg, 3oc)
horizon sensor threshol;i aging error (deg, 30)
horizon sensor null or bias error (deg, 30)

gas jet force (assuxned‘the same on all axes) (1b)
main engine thrust (1b) :

maximum gas jet ou_.tpu:t thrust per axis (1b)
minimum gas jet output thrust per axis (1b)

solar force acting on the vehicle (Ib) .

G-insensitive/gyro drift error, 24-hour stability
{(deg, 30)

total misalignment of the rate integrating gyro
assembly relative to the vehicle (deg, 30)

momentum of the vehicle about the yaw axis for a
yaw spin vehicle (ft-lb-sec)
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NOMENCLATURE (Contirued)

roll feedback gain (sec_-l-)
roll to yaw coupling gain (sec-l)
pitch feedback gain (séc-l)

vehicle spin axis momentum for a dual spin
vehicle (ft- 1b-sec)

nominal value of the angular momentum of the
reaction wheel (ft-1b-sec)

maximum value of the -angular momentum of the
reaction wheel (ft-lb-sec)

minimum value of the-angular momentum of the
reaction wheel (ft ib-sec)

roll horizon scanner gain to roll axis (sec” 1)

) . . . . -1
roll horizon scanner gain to yaw axis (sec .’)

pitch horizon scanner gain (se.c-.l)

vehicle altitude a.b:ove tﬁe ea.rt‘h“(-nmi)

actual momentum of the.individual CMGs selected
‘from the hardware data base (ft-lb~sec)

apogee altitude (nmi)

maximum momentum capability of the set of CMGs

(ft-1b-sec)
disturbance momentum requirement (ft-lb-sec)
maneuver momentum requi rement (ft~1b-sec)

minimum of the required momentu:n about the
three ~axes (ft-lb-sec)
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NOMENCLATURE (Continued)

solar radiation constant outsiile the earth's
atmosphere (9.4 x 10-8 1b/£t")

perigee altitude (nmi)
momentum storage requirement {ft-1b-sec)

momentum required on the roll, pitch, and yaw
axes, respectively (ft-lb-sec)

‘resolver accuracy in the gimbal electronics

assembly {deg 30)

impulse due to limit cycle operation about the
orbital x, y, and z axes, respectively (lb-sec)

orbit inclination ('de g)

inertia about the maneuver axis (slug—ftz)
platform spin axis inertia (slug-ftz)

rotor spin axis inertia (slug-ftz)

vehicle roll, -pitch and yaw inertias (slug-ftz)

=0 if errors are desired for spin axis relative to

nadir, =1 if errors are desired for payload relative

to nadir (dimensionless)

gravi&y- gradient disturbance torque coefficient
(sec™)

gyro scale factor error, 24-hour stability
{dimensionless)

horizon scanner output noise level of the noige
power spectra (dirnensionless)

product of the peak gimbal rate and the maximum
maneuver rate (deg/sec®)
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NOMENCLATURE (Continiied)

length of the equipment bay (ft)

distance from the vehicle c.g. to the center of
pressure for solar disturbance torques (ft)

skew symmetric matrix formed using ,ﬂx, L .,
and £_ (ft) Y

components of Zalong the vehicle x, y, and z
axes (ft)

maximum disturbance torque (ft-1b)

steady environment disturbance torque level about
the vehicle roll, pitch and yaw axes, respectively
(ft-1b)

number of days between. corrections in the si:in
axis pointing of the vehicle (days)

number of thruster firings about any axis during
the mission lifetime

avérage star density (steradian” 1)

number of maneuvers about the roll, pitch and yaw
axes, respectively

number of skewed single-gimbaled control moment
gyros

standby power of the CMG configuration {(watts)

filtered roll and pitch horizon scanner noise power
(deg?) :

fraction of time %:.hat,a:e rodynamic disturbance
torques are in effect (dimensionless)

dynamic pressure (l'bF/ftz)'



NOMENCLATURE (Continued)

r vehicle radius from the center of the earth (ft)

T, radius of the earth (nmi)
SARM length of the solar panel arm {between vehicle

. and panel}(ft)

SATDAM diameter of the cylindrical or spherical vehicle (ft)
SAlYL } solar array #1 dimensions along the vehicle y and
SAlIZL z axes (ft)

SA2YL } solar array #2 dimensions along the vehicle v and
SAZ2Z1, z axes (ft)

SIDE vehicle y and z dimensions of the equipment bay (ft)
Sref (résgrence area of the flat plate facing the solar wind
S {w), S, (w) roll and pitclzhorizon scanner output noise power

@ 8 :

spectra (deg9)
3 type of star sensor = 1 for star mapper
2 for body fixed (electronic)
) star tracker
-3 for gimbaled star tracker

s, star sensor accuracy (deg, 3c)

s3 star mapper field of view (degz)

Sy star mapper sensitivity (visual magnitude)

T mission lifetime (months)

[T] transformation matrix from vehicle to orbital

coordinates (dimensionless)
{'I‘a} ) aerodynamic torque column matrix (ft-1b)
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NOMENCLATURE (Continued)

acceleration torque requirements (ft-1b)

aferodynamic torque column matrix for the solar
panels (ft-1b) .

aerodynamic torque column matrix for the main
vehicle (ft-1b) -

components of {T,} about the orbital x, y, and -
z axes (ft-1b)

disturbance torque requirement (ft-1b)

components of gravity-gradient torque about the
orbital x, y, and z axes (ft-1b)

peak torquer torque which must be delivered at
peak gimbal rate for a CMG configuration (ft-1b)

actual peak torquer torque delivered by a CMG (ft-1b)
minimum payload scan period (sec)

vehicle torque requirement which consists of the sum
of the acceleration torque and the disturbance to rque
requirements (ft-1b}

titne the vehicle sees the sun (months)

solar radiation torque vector (ft-1b)

components of solar disturbance torque in orbital
coordinates (ft-1b)

components of the total disturbance torque in
orbital coordinates {ft-1b}

main engine burn time (sec)

acceleration time for maneuvering {sec)

N-8
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NOMENCLATURE-{Continued)

time vehicle must be in inertial hold (min)
time between unloading wheel momentum (days)

maximum time the gyros can be allowed to drift
during inertial hold without exceeding the maximum
pointing error requirement (sec)

. average time between star crossings (sec)

volume of a CMG configuration (fts)

velocity of the vehicle relative to the wind {ft/sec)

orbital x and y components of the relative wind
velocity Sector® (ft/sec)

weight of a CMG con‘figuration‘ §15)]

same as N, time between spin-axis corrections
(days) (identical with N)

distances along the véhicle Xy» Yy Zy aXes respec-
tively, from the vehicle coordinate system to the
center of gravity of the whole system (ft)

distances from the center of the vehicle coordinate
frame to the center of the effective flat plate area

(solar) along the vehicle x, v, z axes, respectively
(£t)

orbital reference frame unit vectors with z directed
toward the earth-in the orbit frame and X5 é)irected
forward in the orbital frame (dimensionless)

distances along the vehicle x s y{r, and z, axes,
réspectively, from the vehicle éoordinate system
to the center of the flat plate facing the wind (ft)

vehicle reference frame unit vectors with x along
the longitudinal axis directed forward and the
origin centered in the equipment bay (dimensionless)
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NOMENCLATURE (Continued)

thruster offset angle in the roll-yaw plane for a
pitch momentum wheel configuration (deg)

a.erodyna:cnic angle of attack (deg)
aerodynamic total angle of attack (deg)
aerodynamic sideslip angle {deg)

matrix of moment arms for disturbance torques
acting on the vehicle (ft)

lateral vehicle c.g. distance plus lateral thrust
chamber c.g. distance from the reference axis (ft)

roll, pitch and yaw deadband tole rances, respectively
(deg, 30)

minimum gas jet on-time {sec)

disturbance torque moment arms along the vehicle
X, ¥, and z axes, respectively (ft)

disturbance torque moment arms for the solar
panels along the vehicle x, Yy, and z axes, respec-
tively (ft)

average body rate for low orbit during period when
high accuracy is required (deg/sec)

control system efficiency (dimensionless)

reflectance coefficient of the vehicle surface
(dimensionless)

reflectance coefficient of the solar array surface
(dimensionless)

CMG skew angle (deg)

éasrth's gravitational constant {(1,407645 x 1016
ft°/sec?)
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NOMENCLATURE (Continued)

Wiy ) maximum horizon sensor output frequency (rad/sec)
Wp spin rate of rétor in-a dual spin configuration (rpm)
wp rotor spin rate limited by bearing lubrication

1 considerations (rpm
wRZ rotor spin rate due to lifetime dependency (‘1tpm)

maximum, minimum, and nominal reaction wheel

mW('fnax), wW(min) )
spin speed (rpm)

ww(nom)

w, earth's angular rate (7.2924 x 10-5 rad/sec)

w true orbital pitchover rate (rad/sec)

Dop programmed pitchover rate {rad/sec)

W, spin rate about the z-axis for a yaw spin vehicle
(rad/sec) ’

w o, W, w roll, pitch and yaw inertial rates, respectively

x* Y Tz i

(rad/sec)

0 atmospheric density (Ib_ /£t°)

P vehicle roll Euler angle (deg)

PHs output from the roll channel of the horizon scanner
(deg)

P roll horizon scanner error (deg, 3¢)

¥ yaw Euler angle (deg)

o) standard deviation

9 HS. standard deviation of the horizon scanner noise (de 2)

&max maximum gimbal rate requirement (rad/sec)

8 max actual peak gimbal rate of a CMG (rad/sec)
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NOMENCLATURE (Continded)

T, T.s T time that the roll, pitch, and yaw disturbance
x ¥y =z torques are in effect for a mission (sec)
8 . pitch Euler angle (deg)
SCMG CMG angula-r error {deg, 3¢
eFOV maximum range of attitude freedom (full FOV)
required to track specific guide.stars over a wide
range of vehicle motion (deg)
eHS pitch horizon scanner output {(de g}
O minimum required sysfem pointing accuracy (deg, 30)
BR(max) maximum of Og » On - Og (deg)
x v Z
8, , 8, , B required system pointing accuracy about the roll,
R’."R R :
% v Z pitch and yaw axes (deg, 30)
emax . largest maneuver angle. (deg)
es pitch horizon scanner error (deg, 30)
ex total pointing error for a yvaw spin vehicle (deg, 30)
8 total system attitude error for a CMG system
) . (deg, 3o)
Be gyro bias drift errorx (deg, 30)
b -
ee gyro scale factor error (deg, 3q)
sf
beMma CMG angular rate error {deg/sec, 3¢)
5 gyro drift rate (same as g;) (deg/sec, 30)
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NOMENCLATURE (Gontinued)

required system rate accuracy about the roll, pitch

and yaw axes (deg/sec, 3¢)

maximum vehicle rate at which star information
must be obtained (deg/sec)

average body rate for low orbit during the period
when high accuracy is required (deg/sec)

gyro bias drift rate (deg/sec, 3o)
maximum maneuver rate {(deg/sec)

maximuwm initial rate,. assumed to be the same on
all axes (deg/sec)

rate error about the roll axis in the yaw spin
configuration (deg/sec, 3q)

maximum maneuver rates about the roll, pitch
and yaw axes (deg/sec, 30

total system rate error for a CMG system
(deg/sec, 30)

effective flow area (inz)
minirmmum. blowdown thz:ust (Ib)
total impulse {lb-sec)

.mixture ratio (1b oxidizer/lb fuel)
regulator set pressure (psia)
thruster inlet pressure (psia)

flow resistance (seczlindb)
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NOMENCLATURE. (Continued)

A% propellant volumes (in3)

Vpr régulated pressurant volume (in3)
Vprt pressurant .tank volu:m.e (in3)

W fuel weight (1b)

W0 oxidizer weight (1b)

WP propellant weight '(lb)

Wpr pressurant \%reight {ib)

APfilt filter pressure dfop (psi)

APiso isolation valve pressure drop (psi)
L\Pl line pressure drop (psia)

w flow rate {1b/sec)

(”pr maximum flow rate (1b/sec)

p propellant density {l1b/ in3)

Section 6

B 10 log bandwidth (Hz) (dBW)

D diameter of the antenna parabola (ft)

ERP effective radiated power (dBW)

F frequency {(MHz)

GR ground receiving (downlink) antenna gain (dB)

G/T gain-to-temperature ratio of receiving system (dBW)
GT antenna gain (dB)



NOMENCLATURE (Continued)

Boltzman's constant (-228. 6 dBW/Hz/°K)

L other losses (ABW)

M margin (dBW)

NFdB noise figure (dB)

PW transmitter power (watts)

transmission range (m)

SL space loss (dBW)

S/N signal-to-noise ratio (dBW)

T system noise\tempera:tl}re (OK)
A wavelength (m)

Section 7

A array area {mz)

CA capacity required at end of mission (amp-hr)

Ccell capacity of selected cells {amp-hr)

CI minimum installed battery capacity required {(amp-hr)
Cr minimum required capacity (amp-hr)

CT total actual installed capacity (amp-hr)

FS array sizing factor (dimensionless)

Fw array weight factor (kg/mz)

he . earth radius (km) -

hp “orbit perigee (km)

N-15
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NOMENCLATURE (Continued)

charge current delivered. by regulator (amps)
battery packing factor (dimensionless)
battery structure weight factor (dimensionless)

number of batteries required in parallel

number of cells in series

number of discharge regulators

array power allocated for chargiﬁg (watts)
power dissipated by charger (watts)

battery recharge power (wa-‘.tts)

battery discharge power during eclipse (watts)
power dissipated by disr;:ha.rge regulator (wa,tts"}
average load power (watts)

minimum lc;aii poweér (watts)

array power allocated to the load (watts)
power dissipated by load regulator {watts)
maximum array power (watts)

EQL array output (watts)

power dissipated by shunt regulator (watts)

battery temperature degradation factor
(dimensionless)

average solar intensity (1353 W/mz)

angular size of earth's shadow (radians)
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NOMENCLATURE (Continued)

TE eclipse period (hr)

TS sunlight period (hr)

VB unit battery volume (m3)

VaMm minimum alléwable battery voltage (V dc)

VBT total batte ry volume (n{3)

VC minimum allowable cell voltage (V dc)

Vcell voluine of each ceil (m3)

Von average battery discharge voltage (volts)

W A arfay we-i ght (kg)

WB‘ unit battery weight (kg)

WBT total batte:ry weight (icg)

chll weight of each cell (kg)

AF coverglass and coverglass adhesive transmissivity
loss factor (dimensionless)

AI array fabrication loss factor (dimensionless)

AM miscellaneous loss factor (dimensionless)

AR radiation degradation J%actor (dimensionles‘s)

A'I‘ temperature adjustment factor (dimensionless)

T|C charge regulator efficiency {dimensionles sj .

"ca battery amp-~hr charge efficiency (dimensionless)

Tp discharge regula.to; e-fficiency (dimensionless)
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Section 10

NOMENCLATURE (Continued)

battery watt-hr charge efficiency (dimensionless)

solar cell efficiency, at 28°C, AMO illumination
(dimensionless)

load regulator efficiency (dimensionless)

ower distribution loss factor (array to loads)
Fdirnensionle gs)
average depth of discharge (at end of discharge)
maximum depth of discharge (dimensionless)

array orientation factor (dimmensionless)

solar array packing factor (dimensionless)

f

solar absorptivity of the surface {dimensionless) -

emissivity of the surface (dimensionless)

equipment weight carried by the structure (Ib)
density coefficient (dimensionless)

length/diameter ratio of the structural shape
{dimensionless)

frame stiffener area (inz)
longitudinal stiffener area (inz)

frame spacirig (in.)
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NOMENCLATURE (Continued)

longitudinal stringer spacing (in.)

frame cross-section height {(in.)

stringer cross-section height (in.)

number of "g' accelerations in axial direction
number of '"g" accelerations in lateral direction
cylinder diameter {in.)

total force on end cover or midsection bulkhead (1b)

proportion of satellite weight on end covers or mid-
section bulkhead {dimensionless)

area moment of frame stiffener (in4)
correction factor for critical stress (dimensionless)
systems equipment bay length (in.)

mission equipment bay or solar array extension
boom length (in.)

applied moment to systems equipment bay (in.-1b}
applied moment to centér line extension boom (i_n. -1b)
applied moment to lateral extension boom (in. ~1b}
stress resultant (Ib/in.)

axial load applied to systems equipment béy (1b)
axial load applied to center line extension boom (1b)
cylinder ré.dius (in.)

extension boom radius (in.)
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NOMENCLATURE (Continued)

ratio of stringer height and stringer spacing

ratio of stringer thick'ness an'd skin thickness
lateral shear load applied to systems equipment bay (1b)
skin thickness of stiffened shell (in.)

equiw'ralént thickn;ass of stiffened she_ll {in.) .

aft cover thickness (in.)

forward cover thicimIass {in,)

frame stiffener thzlckness‘(in.)

midgection bl.xlk'h@ad thickness (in.)

monocoque shell thickness (in.)

longitudinal stiffener thickness (in.)

tubular wall thickness of extension boom {in.)

total satellite weight (lb)

migsgion eq‘uiPment weight (1b)

width of sy’st;e:ms equipmet‘).t bay box structure (in.)

curvature parameter of monocoque cylinder
dimensionless)

panel efficiency coefficient (dimensionless)

critical stress correction factor for combined
bending and axial compression of plates

Poisson's ratio. (dimensionless)

uniform _loa.d on midsection bulkhead (psi)
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Section 11

Pplt)

P(M)
Pr(k)

P(X)

NOMENCLATURE (Continued)

material weight density (1b/in3)
frame stiffener radius of gyration (in.)

radius of gyration per unit width of stiffened panel
{(dimensionless)

solidity (dimensionless)

applied stress (psi)

optimum stress (psi)

critical stress for monocoque plate (psi)
critical stress for monocoque shell (psi)

critical stress for stiffened panel (psi}

critical stress for longitudinal stringer (psi)
critical stress for tubular wall (psi)

vield stress (psi)

probability of detection (dimensionless)

probability that theumonitoring system is function-
ing properly at the time of the failure (dimensionless)

probability that module L is in the kth operability
state (dimensionless)

probability that the out-of-specification parameter
was monitored by the failure detection system
subsequent to the failire {dimensionless)

eifective dormancy factor (dimensionles s)

dormancy factor (dimensionless)
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NOMENCLATURE (Continued)

reliability of module L at time T (I) (dimensionless)

reliability (probability of successful operation to
tine t) of the entire monitoring system (dimensionless)

reliability of a single system at time T (I) (dimensionless]
spacecraft reliability function (dimensionless)

time (sec)

translated failure rate (failures/sec)

effective active failure rate, when duty cycled
{failures/sec)

portion of the monitoring system failure rate
which is linked to a false indication of failure
being generated by the sensor (failures/sec)

failure rate of that portion of the monitoring

.system assigned to parameter X, one of n parameters

monitored {failures/sec)

portion of the switch failure rate that is linked
to a change of state without a command from the
monitor subsystem (failures/sec)

mean (sec)

variance (secz)

component state-of-art factor {dimensionless)
subsystem state-of-art factor {dimensionless)

constant exponential power for component
development lead time (dimensionless)
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NOMENCLATURE (Continued)

direct DDT&E charges allocated by component
{dollars)

base value component costs {dollars)

subsystem direct DDT&F“_, cost (dollars)

base value subsystem costs (dollars)

component development lead time constant (months)
component qualification lead time constant (months)

constant multiplier for component qualification
(months/dollar)

subsystem development lead time constant {months)

subsystem qualification lead time constant {months)

constant multiplier for subsystem qualification
(months/dollar)

constant exponential power for subsystem
development {dimensionless)

ith component of N components (dimensionless)
constant for component type (months/dollar)

constant which depends upon the extent of system
testing required {dimensionless)

average redundancy for subsystem, active plus
standby strings (dimensionless)

constant exponential power for subsystem develop-
ment lead time {dimensionless)
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GLOSSARY

APS Auxiliary Propulsion Subsystem

APT Automatic Picture Transmission

ATS Applications Technology Satellite

AVCS Automatic Vidicon Camera Subsystem
BBAU Baseband Assemmbly Unit

CCU Central Control Unit

CDPIL Communications, Data Processing and Instrumentation
CER Cost Estimating Relationship

CLER Clerical

CMG Control Moment Gyros

COM Communications

DDT&E Design, Development, Test and Evaluation
DEV Development

DBOD Department of Defense

DPES Data Processing Electronics Subsystem
DSCS-1I Defense Satellite Communications System-IL
DSP Defense Satellite Program

DTU Digital Telemetry Unit

ENG Engineering

EO Earth Observation Mission

EGS Earth Observatory Satellite

ERP Effective Radiated FPower

ERTS-A Earth Resources Technology Satellite-A
FOVv Field of View

FSK Frequency Shift Key

FV Number of Flights Vehicles

G-1



G&A
GRA
GSE
HEAO
HLTWT
LST
LUN
LV/OP
MDP
ME
MEg
ME
ME,
MFG
MMD
MUX
NA
NCHOSE
0AO
0GO.
080-1
OSR
PCM
PCU
PLN
PM
PRN
PSK

QC

Qv

General and Administrative Expense
Gyro Reference Assembly

Ground Support Equipment

High Energy Astronomy Observatory
High Level Traveling Wave Tube
Large Space Telescope

Lunar Mission

Local Vertical/Orbit Planc

Mission Data Processing

Mass Expulsion .
Mission Equipment DDT&E Cost
Mission Equipment Avefage Unit Cost
Mission Equipment Weight
Manufacturing

Mean Mission Duration

Multiplexer

Not Available

Vectors Specifying the Equipment Quantities
Orbiting Astronomical Observatory
Orbiting Geophysical Observatory
Orbiting Solar Observatory-~1
Optical Surface Reflectors

Phase Change Material

Power Control Unit

Planetary Mission

Phase Modulation

Pseudo Random Noise

Phase Shift Key

Quality Control

Number of Qualification Vehicles



RF
RSS
S&C
SGLS
TCS
TDP
TLG

Radio Frequency

Rootﬂ-Sum-Square .
Stabilization and Control

Air Force Space Ground Link System
Thermal Control Subsystem
Telemetry Data Processing

Tooling
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