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ABSTRACT

Advanced S.T.0.L, aircraft are critically sensitive to loss 6£
engine thrust during landing, with the problem of encountéring ﬁnaccept-
ably high sink rates. .The problem is aggravated by the high degree
of stability augmentation common to this class.of aircraft which denies
the pilot the immediate motion cues required to manually arrest large
transient sink rates. Automatic control is required to arrest the
immediate transients, allowing the pilot time to recognize‘the situa-

tion and decide upon appropriate action.

Modern optimal coﬁtrol theory, which determines state wvariable
feedback controllers for multivariable systems, is especially tailored
for application to this S.7.0.L. control problem., System performance
can be specified in terms of the desired response characterized in the
system state variables., The resulting performance is typically better

than that obtained from classical design procedures,

The purpose of this research is to define candidate autopilot
control laws that control the engine failure transient sink rates, by
demonstrating the engineering application of modern state variable con-

trol theory.

This work provides a comparison of the results of approximate.modal
analysis to those derived from full state analyses provided from com-
puter design solutions. The aircraft is described and a state variable

" model of its longitudinal dynamic motion due to engine and control

iidi



-variations is defined. The classical fast and slow modes are assumed

to be sufficiently different to define reduced order approximations of
the aircraft motion amendable to hand analysis control definition methods.
The original state equations of motion are also applied to a large scale
state variable control design program, in particular OPTSYS. The re-
sulting control laws are compared with respect to their relative res-
ponses, ease of application, and meeting the desired performance ob-
jectives. The limitations of minimizing feedback paths is investigated
with the objective of utilizing those éurrently in use by the classical
autopilot control law, The performance of each resulting control law

is demonstrated by digital computer simulation.  The sink raﬁe transients
are shown to be controlled within 5-10 sec after an engine failure and

the peak sink rates are shown to be less than 19 ft/sec.
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I. INTRODUCTION

1.1 STATEMENT OF THE PROBLEM

The critical phases of aircraft flight are landing and takeoff,
This is especially true of short distance takeoff and landing (S.T.0.L.)
transports because they fly slowly during these phases depending upon
powered lift augmentation to maintain the desired flight path. In»fhis
thesis, the landing phase is studied of S.T.0.,L. flight of aircraft
using lift augmentation from the primary engines, typified by the YC-14 .
and YC-15 transporté currently Being flight tested, It is the purposé
of this study to mipimize the effects of loss of one engine during the
finél phases of approach (le;s‘than‘SOO feet altitude). The problem
has been defined in the similar research of Messrs. Franklin and
Nieuwnhuisse at NASA-Ames (N-1), wherein several simple solutions were

attempted without the desired results.

The approach to this problem is'to utilize the integrated analysis
feature 6f modern state variable control theory to define several can-
didate feedback control laws that minimize the buildup of sink rate when
an engine fails, The relative pérformance of these control laws is
compaged by linear simulation. The effectiveness of the control laws

is demonstrated,

Preliminary familiarization efforts with the study aircraft and
engine performance brings about the conclusion that the engine response

is significantly faster than the expected closed loop airframe response



thét is required to control major sink rate disturbances. Therefore,
the approach used in development of a workable control law is to per-
form design analyses without considering the engine respbnse constraints,
Engine influence is evaluated with the control law to determine the
validity of this assumption by simulation studies. Two control analyses
methods are reseérched to identify the relationship between standard
aircraft modes and the dynamic modes of the study aircraft configura-
tion. A byproduct of this approach is the comparison of approximate
analyses methods (valid when significant mode separation exists; such

as is the case in convention aircraft) to optimal control algorithms
which account for full state interactions, Second order effects as wéll
gs-resolving resulting engine influence problems were not'included.
Topics for further research associated with these issues have been

identified,

1.2 ENGINE FAILURE DURING APPROACH

When an engine fails during the laﬁding approach of a S,T,0.L.
aircraft, excessive sink rates may occur before the pilot becomes aware

of the failure.

The aircfaft of interest in this study obtains 1lift gugmentation
through directing the engiﬁe flow over the extended flapS, Loss of one
engine immediately reduces the lift by 10% with‘an incréase in drag due
to the engine nacelle and the asymetric trimmed flight'condition.' The
aircraft is control augmented with pitch and roll/yaw stability aug-

mentation and a yaw trim control. These systems respond so as to main-



tain the aircraft heading and minimize tfansients. The aircraft drag
is increased due to the control deflection and asymetric flight

attitude required to maintain the proper heading.

All of fhese actioﬁs, on the part of the automatic controls,
virtually eliminate any immediate cues to the pilot that an engine has
failed. The only remaining cue is the resultant sink rate due to loss
of an éngine without a compensating increase.in power setting. Separate
engine failure indicators provided to the.pilot (researched in Reference
N-2) do not alleviate the sink rate because the pilot's workload keeps
him too busy to notice the indications, especially during turbulent
approaches. Therefore, an additional automatic control loop is required,
either internal to the S.A.S, or speciglly triggered by an engine fail-

ure,

‘1.3  CONTROL STUDIES OVERVIEW

The control studies are directed to determine state feedback con-
trol laws that afresﬁ the sink rate due to the loss of one engine. The
feedback control is defined using the fivé state plant model as a basis
for development. Once a particular control law is defiﬁed, it is tested
in simulation with the engine model adjoined: to the plant model. This
approach is employed because the engine performance model provided for

Lthis study responds slightly faster than the fast airframe dynamics.
(this is expanded in a subsequent section). Two analytical approaches
are employed to contrast the results‘and gain understanding of the

"roles'" of each of the controls in relation to the states.



Three control concepts are investigated to determine their relative
effectiveness in controlling sink rate and maintaining acceptable air-
craft response, The bulk of the work utilizes the three controls (which
seem to be sufficient in the proper mixture) of thrust, elevator and
aft flap. The spoilers, nominally deflected 30 degrees, are added to
the control list to deterﬁine if fast direct lift control significantly
increases the response in arresting sink rate, These pontrol options are
employed using full state feedback thch includgs the altitude state.

The third concept studied removes the altitude state feedback to deter-
mine if sufficient damping is available to eliminate excessive sink

rates,

The first control concept is analyzed using reduced order approxi-
mations to define feedback control laws, The standard approach of
separating the short peried and‘phugoid/altituﬁe modal'equations'of
motion is attempted. Such methods work well if these modes are widely
separated. The separation of modes in this case is marginal making it
an interesting attempt to obtain workable solutions whe?e the. poles are
situated so they may interact severely. Two solutions are generated

from this approach.

The value of the approximate study is not wholly in deﬁermining
working control laws., The analysis provides experience witﬁ the relation-
shipment of airframe response eigenvalues and the controls. The Root Square
Locus method (Reference B-3) of definiﬁg optimal approximate solutions

provides a format to observe the relative power of controls in providing



desired responses and also observe the root interactions that may cause

trouble.

The second analytical approach employs the full five State plant
model and the power of automated optimal solutions provided by the Stan-
ford OPTSYS Computer Program (Reference B-1). Each control concept is
analyzed with this method, obtaining control law results for simulation.
This method has '‘one drawback, however, it assumes full state feedback,
since it is common that some states are not available for feedback.‘

The standard solutionito this is to define an estimator to provide the
necessary staﬁes. Another approach is to eliminate thé unmeasured state
feedback from the control law without recomputing the remaining feedback
gains. Since tbis latter scheme is economical it is investigated as

part of the control analysis.

1.4  ENGINE MODEL ANALYSES
Engine thfottle response curves of the study aircraft's power

plant are provided. These are studied to define a first order respomse
model for simulétion analysés. The previous work included three charac-
teristic engine models that had thrust transient responses ranging from
slow to fast. (Reference N-2). The preliminary results from the engine
performance provided herein show this engine to be about equally res-
ponsive as the medium responée engine model from that pfeviOus study.

- (Reference N-2).

A closer look using identification analyses to define higher order '
models to determine their effects (slower roots perhaps) is identified

as a suggested topic for continuation of this work.



1.5 SIMULATION MODEL WORK

A linear simulation médel is provided in FORTRAN IV to‘facilitate
demonstration of the control law results and comparison of state devia-
tions and control deflections resulting from the control laws. Several
of the congrol law results are simulated and their relative performance

is compared.

1.6 CONTROL. LAW APPLICATION

Theifeedback control laws developed in this study are perturbation
control laws, whereas the full state values aré measured., The con-
version of these control laws into an aircraft appiication is discussed,
with specific attention to the need of unmeasured state feedback. The
study aircraft is defined to have speed, pitch, and pitch rate readilyv
measured, Altitude is also available as either a direct ﬁeasure or an
open loop observer that is said to work as well as a direct measﬁre.

Angle of attack is not measured.



II. COORDINATE SYSTEM

The coordinate.system employed is a right handed orthogonal basis
presented in Etkin and Seckel (References E-1 and S-1) modified to pro-
| vide positive parameters defining sink rate, The positive pitch angle,
theta (8 ) is down and sink rate h is also positive down, allowing the
sink rate equation to be made up of a sum of positive quantities, This
reguires theta rate (éé) to be opposite in sign to q (the latter being
defined in the standard convention of posipive nose up). This coor;
dinate system is shown on Figure II-1 indicating positive quantities of
the states and forces onkthe aircraft. The intertial and body fixed
axes are shown‘with the pitch axis directed out éf the page. The sys-
tem equations of.motion are derived in these coordinates in Appendix A,
Where results are shown (such as the simulation state hisfories in
Chapter X, . the axes of the modified states are inve;ted making the

visual association of downwards orientations being below the axes origin.






III. AIRCRAFT CONFIGURATION

3.1 SUMMARY

The particular S.T.0.L. aircraft chosen for this study is a four
engine high wing transport which uses an externally blown flap system
for lift augmentation. The characteristics of the study aircraftvare
described in Reference N-2 and N-3, The particular details pertaining
to this research (longitudinal dynamics) are repeated here:. The air-
craf; is a stﬁdy model currently in use at NASA Ames in moving base

simulator studies.

3.2 STUDY AIRCRAFT DESCRIPTION

The study aircraft configuration is‘dispiayed on Figure III-1,
and its longitudinal éhysicai characteristics are summarized on Table
JIII-1. It is a 150,000 1b transport similar to thé McDonnell-Douglas
YG-14 currently being flight tested, The 1ift augmentation is provided
during takeoff and landing approach by externally blown flaps, as shown
on Figure III-1., Unlike conventional aircraft, the flapsiextend into
the engine efflux. The high speed flow is diverted by the flap struc-

' ture, increasing the circulation over the wing and increasing the lift

provided by the wing.

" The nominal approach configuration is used in this research. The
nominal approach is trimmed for equilibrium flight with the flaps exten-

ded to the 60 deg position,
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The study aircraft in the approach configuration has four
longitudinal controls available, These longitudinal controls are:
elevator, engine thrust, spoilers, and ;ft flap. The elevator operates
the same as conventional aircraft; the elevator controls pitch attitude
and rate. (The thrust or throttle modulates lift and drag.) The
spoilers are usually operated différentially for lateral control,
However, with the spoilers initially deployed and éperated together
they can provide direct lift control, with response faster than the
typical engine throttle response., The aft flap control consists of
the last element of the flap structure, which is geared to move répid-
1y like the elevator or spoiler surfaces (shown on Figure III-1). Where-
cas the main portion of the flap is slow moving and considered to bé a
variable configqration device deployed to varying degrees when low speed
and high 1ift is required. The aft flap is principally a drag modula-

'tion control,
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TABLE III-1

S.T.0.L. TRANSPORT PHYSICAL CHARACTERISTICS

Weight . . o o v ¢ v v 0 v v v 0 o v 150,000 1b

Pitch Moment of Inertia (iyy) . v e e e 2,105;QQO élug £l
Wing Area (AREF) .+ + o ¢ v v » o o o » 1,667 ft?

Mean Aerodynamic Chord (CREF) . . . . . 16.3 ft

Horizontal Tail Area . . . . . . . . . 570 ft2

‘Maximum Engine Thrust . . + + » « + « . 84,000 1b
(Sea Level Static) '
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IV. AIRCRAFT AERODYNAMICS

4.1 SOURCE OF AERODYNAMIC DATA | e
The aerodynamic coefficients for this study are provided in raw

form. The data, given in Reference N-3, requires modification before

computing the numerical derivatives in the equations of motion., Most

of the longitudinal coefficients are given in standard form referenced

to the wing area (AREF) and mean aerodynamic chord (M.A.C.). However,.

two coefficients, the 1ift and drag due to elevator deflection are

given referenced to the horizontal tail area in Reference N-3.

4.2 AERODYNAMIC DATA MODIFICATION

The raw form aerodynamic data must be modified for use in this
study. The raw data is not in a consistent form, two aerodynamic coef-
ficients must be modified to be consistent with the reference area
(AREF)., The data is digitized for use in this study to allow computer

solution of the dynamics matrices .in state variable form.

The coefficients CLd and CDd must be normalized to the wing
e e

referenced area:

o

£
f
o

E,

ATail
 AREF

de de

C = C,% A .
pde Dde Tail
ARLEF

<13



The aerodynamic coefficients of powered lift airc?aft include the
thrust effects on lift, drag, and moments, and it is nearly so in this
case., The ram drag component due to the air entering the engine nacelles
is not included in the coefficients of drag (CD) and must be added se-
parately., Ram drag is part of the forward thrust contribution of the
engines, where the thrust is due to the air mass accelerated-through

the engine (Reference D-1).

3
!

¢Q <Vexhaust - Vaircraft)
T = ¢Q Vaxhaust = €Q Vaircraft

T = ¢Q Vexhaust ~ €2 Up

The latter quantity is ram drag QQ Uy where'QQ is mass flow rate,
Dividing by reference area (AREF) and dynamic pressure (a) provides the

drag coefficient contribution due to ram drag.

Dep = €Q U

q AREF

4.3 STUDY AERODYNAMIC COEFFICIENTS

The raw data for the 60 deg flap deflection cbnfiguration (given
in Reference N-3) is digitized into a consistent‘form referenced to the
wing geometry. These data are shown in tabular form in Appendix C
from the data in Reference N-3. The following coefficients are pro-
Qided in graphic form as a function of angle of attach («) and thrust

coefficient (cj) in Reference N-3.

1%



CL * CDh M

C C
Lde Dge M
Cige  Cpgr  OMas

The apparent plotted data points are read to provide the digitized data.’
to minimize the introduction of significant interpolation errors. However,
the spoiler data is providedAin table form. The coefficients CLdSp and
'CDdsp aré given over a range different from the plotted data. CMdSp is
‘not given, so it is assumed the spoiler deflection does not affect the
aircraft moments. These table data are interpolated to provide digital
poiﬁts at the same conditions the plbtted data ‘are taken for presentation

in appendix ¢ and use in this study.

The aerodynamics are not modified for ground effects. The study
is done without ground effects, leaving their contribution for evalua-
tion by simulation, as the resulting con;rol must work out of ground
effect as well, Ground effects increase'the 1ift near touchdown so

their elimination is a conservative choice.
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V. EQUATIONS OF MOTION

5.1 FORM OF THE EQUATIONS OF MOTION

‘The plant dynamic equations are derived in state variable form,

in Appendix A as linear dynamic equations about unperturbed (equilibrium)

steady approach condition. The resulting linear state variable model is

of the form:

x = Fx + Gu

In particular the equations are:

-{j | ER x‘; ‘Xg -W q 0] [
w Zy . 2y Zq -0 0 0 W
dl= My My Mg 0 0| |q
& 0 0 -1 0 0| |B

| B| LO 1 0 U Of | b

cj

cj

M g

The derivatives are defined in terms of the

the airframe aerodynamic coefficients in Appendix

de -de;q -dcj-
Zaf zdsp de
Mar Masp éf

0 -0 dsp
0 0 i i

nominal states and

B'

The plant model consists of the equations of motion with the dimen-

sional derivatives computed about the nominal approach condition for the

particular configuration of the plant model requires the equilibrium

trimmed approach conditions be first determined, from which, the dimen-

PR VaIni '
ECEVING PAGE BLAng Nor FILMEQ 16



_sional derivatives are computed. The approach employed is to generate
an ‘equilibrium performance map for each configuration of interest;.
select the desired approach condition; and compute the dimensional

derivatives,

Two computer programs are built to facilitate computation of the
derivatives, one which computes a map of equilibrium fiight conditions
for a specified configuration, and another that computes a particular
equilibrium flight condition and the corresponding perturbation de-
rivatives in the above dynamic equations. These éssist‘the designer
in providing numerical forms of the equations of motion, directly in
the form for analysis and/or simulation, for any equilibrium approach
condition and configuration of interest., The latter of these two pro-
grams is used in conjunction with a linear simulation model to demon-
strate the resulting control performance, providing the capability to
evaluate control laws at off design conditions by specifying the
appropriate equilibrium conditions without recomputing the &ynamics

matrices.

5.2 EQUILIBRIUM PERFORMANCE MAP

The equilibrium performance map is derived for the range of angles
of attack from -8 deg to 20 deg, and over the thrust range of the study
aircraft. The configuration is defined by selecting the nominal position
of the aft flap and spoiler controls (with the main flap deflection
60 deg). The force equations are solved by iteration using the digitiz-

ed aerodynamics tables. The particular equations are:
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CM =20 (ég trimmed condition)

g=% gv?

cj = T/(g.AREF)

¥ = TAN-1 (-cD/cL)
gom-COS(¥) = CL-§+AREF

Where the aerodynamic coefficients represent the sum of aerodynamic

derivatives in the form:

»

CL = CL («, cj) + CLge (ec3) ée + CLgg (x, cj) df + CLdsp (=, cj) dsp,

An iterative algorithm is programmed in FORTRAN IV to provide the

desired performance maps. This program is included in Appendix D.

Equilibfiumvperformance maps are generated for the two configura-
.tions considered in this study to indicate the magnitude of the problem
of engine failure duriﬁg approach, The nominal approach configuration
is with the flaps deflected 60 deg and the spoilers retracted. The
nominal approach condition of approximately 80 kt provideé a 5.6 deg
flight path angle Qith the elevators trimmed at -3.2 deg deflectionb
trimming the aircraft at 2.2 deg angle of attack (Figure V-1). The
nominal appfoach sink rate is 13.2 ft/sec. The nominal approach thrust
is 50400 1b at 60 percent of the maximum thrust of 84000 1b. A loss
of one engine provides a thrust of 37800 1b. The equilibrium flight
condition at 80 kt with one engine out is trimmed at 6 deg angle of
attack providing a flight path angle of 8 deg (a sink rate of 19 ft/sec.

If the initial trim angle of attack of 2 deg is maintained, the flight

18



conditions are 87 kt at a flight path of 7 deg (an 18 ft/sec sink rate).
The constant thrust curves show the aircraft to be operating on the back .
side of the power curve where increased angle of attack results in in-
creased sink rate. It is also interesting to notice that the full
throttle capability of this aircraft in the approach configuration with
one engine failed (63000 1b of thrust) does not provide level flight,

but does provide a significant margin to maintain the approach conditions
(Figure V-1). Therefore, the configuration must change, by retfacting

the flaps, to perform a go-around (e.g. abort the landing).

The possibility of approaching at a slightly higher speed with the
spoilers deflected is considered in this study, A 6 deg approach is
pogsible at 84 kt with the spoilers deflected 30 deg at the nominal
approach thrust and angle of attack (Figure V-2), 1In this condition,
it is expected thét the control response upon engine failure be to re-
tract the flaps. Viewing the equilibrium condit;ons with flaps retract-
ed at 84 kf and one engine failed showé the flight path to be 7.5 deg
which has a sink rate of 18.5 ft/sec (Figure V-1) at two degrees angle
of attack (requiring an additional 4 percent of tﬁe maximuﬁ.total thrust
to maintain the flight). The flight path is 6.5 degrees and a sink
rate of 16 fps. The spoilers may alleviate thé sink rate éomewhat but
add?tional control and throttle response is required to maintain a

nominal approach flight path,
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FLIGHT PATH ANGLE o (deg)

CONFIGURATION

Af = 60 deg
df = 0 ~deg
dsp = 0 deg

TOTAL THRUST (1b)

S T

60 70 80 90 100 ~110

ATRCRAFT SPEED (kt)

'FIGURE V-1 NOMINAL CONFIGURATION
EQUILIBRIUM PERFORMANCE

20



FLIGHT PATH ANGLE ¥ (deg)

CONFIGURATION

af = 60 deg
df = O deg
dsp = 30 deg

-8 —

A TOTAL THRUST (1b)

84000

N |

60 70 80 90 ~ 100 110

AIRCRAFT SPEED (kt)

"FIGURE V-2 SPOILER CONFIGURATION
EQUILIBRIUM PERFORMANCE
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5.3 COMPUTATION OF DIMENSION DERIVATIVES

The dimensional derivatives that comprise the F and G matrices in
the equations of motion are computed aboﬁt an equilibrium approach con-
dition., The method is to first determine the angle of attack of equi-
librium for specified thrust, control  settings, approach speed and
f}ight path which are approkimately'determined from the performance
maps., The equilibriuﬁ solution here serves to.determine the angle of
attack condition to more accurdcy than is apbarent from viéual inter-
polation of the equilibrium approach performance curves, when a part-

icular velocity and flight path is desired for study.

Once the appropriate trim equilibrium con&itions are determined,
the dimensional derivatives are computed from the aerodynamic coef-
ficients and the equilibrium flight conditions . The computational de-
tails for the dimensioﬁal derivatives in the coordinates of this study
in Appendix B and the FORTRAN V computer program is presented in

Appendix D,

The dynamics matrices are computed for the two configurations
described in the previous section (Section 5.2).. The nominal approach
conditions are: (Where units are consistently in ft, rad, sec with the

control deflections in deg)

F MATRIX
-.0372  .0766  -5.2114  32.2000 .0000
-.4769  -.4424  135.2396 .0000 0000
-.0000 -.0046  -.7457 .0000 .0000

.0000  .0000  -1.0000 .0000 ,0000

.0000 1.0000 .0000 135.2396 .0000

.0000  .0000 . .0000 .0000 .0000
L ) |
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G MATRIX
.9102 -,0269 =~-.2230 .0002
-9,6367 =-.0899 -.2631 .0547
-.0393 ~,0261 ,0133 ,.0000

.0000 ,0000 .0000 .0000

.0000 .0000 .0000 .0000
——

Which are of the form described in Section 5.2.

The dynamics matrices at the approach condition with 30 deg

of spoiler deflection are:

F MATRIX
0393 .0730 -5.2933  32.2000 .0000 |
- 4564 -,4222  140,4003 0000 0000
-.0000 =.0051  =.7647 .0000 ,0000
.0000  .0000 ~-1.0000 .0000 0000
__;oooo 1.0000 ,0000 140.4003 .0000 |
G MATRIX

.9652 -,0279 =~.2295 .0001
-10,9655 ~.0952 ~.2678 .0579
-,0422 ~-,0279 .0146 .0000

0000 .0000  .0000 .0000

| 0000 .0000  .0000 .0000]

The two nominal approach conditions have nearly the same dynamics matrices.
This similarity provides the basis for an expediate assumption applied to

the spoiler analyses (discussed later in this report).
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VI. APPROXIMATE MODEL ANALYSIS

6.1 THE METHOD OF MODAL ANALYSIS

The standard aircraft approach of separating the analysis of
short period and phugoid modes is investigated, This results in re-
duced order equations that are amendable to hand analysis techniques
such as successive loop closure, The practice of anaiyzing the two
basic aircraft modes independently is based upon spectral decomposition
concepts. When the characteristic roots are widely separated, then
their characteristic eigenvectors, which are composed of combinations
of the states that are disturbed by each mode (set of characteristic
roots), exclude the.states of other modes. Therefore, any particular
mode is'composed of a émall subset of the aircraft's étates, allow-
ing analysis of that mode with the other modes undisturbed (i.e.
perturbations remain zero). The open 1oop‘characteristic roots are
moderately separated in the case of the study aircraft (Figure.VI-l):
If feedback control can move these roots further into the left half
plane, while maintaining separation of the modal state responses,

the approximate solutions will be valid.

6.2 SHORT PERIOD MODE '

The approximate analysis first proceeds in the same manmner as
for conventional aircraft: beginning with the short period (fast)
mode to obtain increased damping; then approximate phugoid~altitudé
mode equations are defined to develop‘stable responses. The short

period (made up of w and i) has very little feedback of other states

24



s-PLANE (sec'l)

‘T‘ 2.
+ 1.
X
X
1 3 i 3 L. 4
| ? ¥ i t
-3. -2. -1. X 1.
¥
+ ~1.
Lo-2,

FIGURE VI-1 AIRCRAFT OPEN LOOP POLES
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(u,®, and h) and feeds those states derivatives, The partioned short

period equations are: .
wi  [-.4620 135.2 | |w | [-.090| Qe
q -.0046 -.7461| {q -.026

choosing the elevator control for moment damping.

Assume a feedback control of the form

Fx + Gde

I

x
de = (0, Cq) x
The resulting characteristic equation

to increase the system damping.

is determined from:

F - GC = |-.442 135.2 + .09 Cq 1

-.0046 -.7461 + 026 ch

which provides the characteristic equation from the determinant of the

dynamics matrix:

s - (F - GC) = 0,

Resulting in the characteristic equation:

¢ + (1.188 -.026 Cq) § + .9517 -.0111 Cq = O

The root locus for this system is sketched as a function of Cq on Figure

VIi-2, A gain of -47.4 deg sec/rad provides roots on the real

axis. The study by Franklin shows that the existing gain selection is

-40 deg sec/rad which provides poles at s = 1,116 + j .389 sec™l, This
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latter gain is selected since it provides acceptable damping and is cur-
rently in use in other studies of this aircraft. The approximate phugoid

equations are defined with the short period feedback loop closed,

6.3 PHUGOID AND ALTITUDE CONTROL

The approximate phugoid equations are detefmined by making the
quasi-steady assumption that w and é are zero. Then, solving for w and
q in terms of the other states (u,®, and h) and the controls (dcj, de,
and df), so that w and q can be replaced in the other state equations,
The relationship between w and ¢ to the other states is determined from

the w and q rows of the full state dynamical equations:

0= [-0.4772 [ﬁ] + [-0.442 131.6 W] + (~9§641 -0.2632 0,0569} [dcj

af
0 -0.0046 —1.1790lq -0.0391 0.0133 0 /dSp

which results in the following relationship for w and q:

wl = [-0.6117 @]+ 216.04 0.9159 0.073 \[dcj
af
q 0.0015 0.0194 0.0051 - -0.0002 | |dsp

replacing w and q in the equations for ﬁ,é, and h results in the approxi-

mate phugoid equations with the short period loop closed:

& -0.0919 32.20 0| [u
&l = 1-0.0067 o ol |e
Wl | -0.6117 135.2 0 h
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-0.4233 -0.1793 0.0072 dcj
+ | -0.0194 -0.0051 0.0002 df

-16,04 0.9159 0.073 dsp

These approximate equations are used with the two remaining controls

dcj and df (dsp is investigated later).

The remaining states u, &, and h are to be controlled by dcj and
df. The two controls allow only two states to be directly addfessed,
depending upon the resulting system interactions to provide acceptable
response of the remaining state. The method applied to determinine con-
trol laws for dcj and df is successive application of the root square

locus technique, which is described in Reference B-1.

The speed and altitude states are chosen for coﬁtrol by df and de¢j
respectively. The O state is chosen to be implicitly contfolled because
it has the smallest coefficients in the dynamical equation and it is a
state that contributes in a small way to the problem at hand. The choice
of df to control u is due to the large impact of dcj on h ( 90/ 8dcj is
38 times du/ ddcj while 2h/ 3df is only 5 times more than du/ ddf). At

this point it appears natural to connect dcj with h.

The speed control loop is determined from the u/df transfer function

in the s plane, which is:

u (s) = -0.1793 s (s + 0.9159)
af s (sZ + 0.0919 s + 0.1513)
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The root square locus is formed about the optimal weight ratio Au/Bdf

E_(S) Ay E_ﬂ-s) + 1 0

| df Byg df
The locus is sketched on Figure VI-3, The closed boxes on Figure VI-3
indicate the location selected for closed loop roots which correspond to

Ay of 14.25 deg? sec?/ft2, The roots are located at s = -.6 + j .525
B
df

sec-l, to provide approximately 0.6 - 0.7 damping‘ratio. The feedback

gains are determined from an assumed feedback configuration by matching
the like coefficients of the transfer function and solving for the un-

determined feedback coeffiéients. In this case two feedback gaiﬁs are

»sﬁfficient to define the quadratic root location. A feedback law of

the fofm:
x = (F + GC) x

is assumed, where the feedback coefficient matrix is assumed to be:
C = (Cu, Co, 0).

Entering this form of feedback into the approximate phugoid equations

provides the following characteristic equation:

s3 + s2 + (0.0919 + 0.0051 Cg + 0.1793 Cu) s

+ 0.15134 - -0,00037 Cg + 0,1642 Cu = 0,

which is to look like the following as determined from the root locus

diagram:
s (s?+ 1.2 s + .636) = 0.
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Solving for the feedback gains results in:
C = (Cu, Cg , 0) = (3.19, 105.26, 0.)

in consistent units of deg per ft, sec and rad. The equations for the

next control determination -are:
x = (F + GC) x + CGu

where the F + GC matrix includes the feedback computed above. The
analysis is repeated for the next successive control, in this case dcj

- which is chosen to control h., The new dynamical equations are:

[a -0.663 13.327 0] [u 0.423 |

& =1-3.196 0.5368 0| [©| + |-0.0194 [dcj}.
h 2.306 231.646 0| |n -16.04 |

Again, determine the transfer function:

h (s) = - 16.04 (s2 4676 X + 22.889) (gyy
3 A

T
dcj s (s + 1.2 x + .636)

which is put into root square locus form:

h (s)® h (-s)+1] =o0.,
dcj Bej dej

The resulting root locus is sketched on Figure VI-4, The locus is
sketched as a zero degree locus which provides a stable path along the
 real axis for the root at the origin (the h root). Notice that the path

of the real root is unbounded., However, this approximate analysis‘is
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predicated upon the separation of modes and the short period mode roots
lie about the s = -1;0 sec~l region. The pole selection ;f the previous
part (u/df) is half way between the origin and the short period territory
and.possibiy.interacting. The selection of root locations here, is
made to just make h stable and not move the othér roots to far out.
Additionally, the asymptotes,of the osciilatory roots are at less damping
than the initial root location, so the less they're moved the better the
damping of the phugoid, barring major interactions. Selegtiﬁg the real
root location to be s = ;0.2 sec-! meets the criteria. This locatioﬁ is
obtained with a weight ratio of Ah = 0,0003 (ft-2), where upon the

g Bej
oscillatory roots move imperceptibly. The app:oximate characteristic

equation is:
(s + .2) (s2 + 0.467 X + 22.89) = O.
The cubic requires three feedback coeﬁficients of the form:
C = (Cu, Co, Ch).

Proceding as in the previous control case (equating coefficients of the
closed loop characteristic equations) provides the following control

gains defining dcj:

C = (0.175, 13.762, 0.0125).

in consistent units of ft, sec and rad.

6.4 EVALUATION OF THE CONTROL LAW

The approximate modal analysis, just described, provides a set
of control laws, obtained by ignoring any interaction between the tra-

ditional aircraft modes. The resulting expected root locations are
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indicated by X's on Figure VI-5. The dotted lines indicate the expected
travel of the unaugmented poles to the closéd loop positions. The phugoid
poles are moved out into the region océupied by the short period poles
before augmentation and also close to their closed loop location, It is
possible that significant root interaction has taken place, changing

these resulﬁs. This is tested by computing the closed loop poles of the
full five state model with the control law just determined (with the aid

of the OPTSYS Program).

The closed loop pole locations of the five state model demonstrate
that significant mode interaction does occur. The open boxes shown on
Figure VI-5 are the actual closed loop pole locations provided by the

control law.

The true results compared with those of the approximate sol-
ution appear very different. The true poles are much slower than ex-
pected and the real pole is mucﬁ faster; their relative real locations
are switched about., The approximation assumption (which assumes no
interaction) is violated severely; there being great apparent interaction
between the w, ¢, U, and h states. The poor association.of results
provided by the approximate mode analysis occurs because the original
Slow mode is driven into the region of the fast modes. Therefore, if
this fast and slow separation can be maintained, the validity of the
approximafion shall be also. This hypothesis is tested by arbitrarily

locating the phugoid roots closer to the origin.
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6.5 REVISED APPROXIMATE PHUGOID ANALYSIS

The approximate analysis is revised to mainfain the validity of
the spectral mode separation assumption., Stepping back‘to the first loop
closure (u/df) of the previous analysis, it is observed that the two os-
cillatory poles can be placed arbitrarily with the two feedback coef-
ficients C, and C4 . The trouble is caused by the oscillatory poles being
moved out two far to the left, into short period territory on the s plane.
The objective here is to increase the damping of these two poles without
moving them into short period territory,vas did the root square locus
technique. The following choice of feedback gains meets the criterion

by placing the oscillatory poles at s = -0,39 + j 0.176 (sec~l):

C

w = 0.4946 (deg sec/ft)

Co

|

119.9 (deg/rad).

The phugoid poles are now about half way between the origin and the closed
loop short period poles (which at at s = -1,116 + j 0.389 sec"l) as indi-
cated on Figure VI-6, The damping factor of this location is 0.9 whereas

the optimal selection provides only 0.7 damping factor,

The thrust feedback dcj is determined as previoﬁsly using the re-

vised closed loop (on u/df) approximate dynamics'matrix. Applying the

same weight ratio for fg of 0.0003 secz/ft2 causes the h pole at the
s Bc
origin to move out to s = -0.179 sec-l without moving the oscillatory poles

into short period territory,>as indicated on Figure VI-7. The resulting

feedback gains are (in u, @, and h in consistent units of ft, sec, and rad):

Cej = (-.058, 3.895, .0173).
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These results are tested, as before, in the five state model to observe
the resulting true pole locations, The revised approximate solution is
tested using OPTISYS to determine if the mode interaction is decreased
through judicious choice of pole placement by approximate modal analysis,
The resulting true pole location is contrasted with the expected location
on Figure VI-8.,  The apparent mode interaction is manifested in a
decrease in damping of the oscillatory modes, However, no reversal of
mode (pole) relations is indicated and the altitude (h) pole remains at
the chosen position. The two modes remain separated, demonstrating the
spectral separation assumption is not violated. The approximate solu-
tion can provide a rough estimate of the closed loop response and a
readily'useable tool to determine feedback control gains without the aid
of sophisticated computer programs; even when modes are separated by as
little as a factor of two (as are the resulting closed loop poles in

this case).

6.6 - FURTHER APPROXIMATE ANALYSES

The following discussion presents excursions into several violations
of the separation assgmption. The two mode (fast and slow) reduction is
assumed to be valid while applying controls that are coupled'to the fast
mode onto the slow mode approximation. The first selection involves the
elevator control., Second, the spoiler is applied to enhance the slow root
configuration., In each case, the approximate solution is tested by apply~
ing its control laws to the five state model and evaluating the resulting
closed loop characteristic poles. Thé analysis is carried out in the
same maﬁner as described in detail in the previous section; therefore,

only the results are summarized in this discussion,
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The inclusion of the elevator as a phugoid damping mechanism is
stimulated by its p?esence in the NASA work of Messrs., Franklin and
Koening (Reference N-2), The elevator feedback included a pitch angle
term in the stability augmentation used in that study. Although the
application of elevétor control to the approxiﬁate phugoid mode
violates the'concept of separation, since the elevator is included in
the short period closed loop embodied within the approximate phugoid

equations,

The elevator is applied to the approximate phugoid mode to provide
damping to the oscillatory poles. This is thé role of the aft flap in
the first control definition, leaving it free to be applied to the alti-
tube transfer function, One attraction of this approach is the throttle
(cj) control may not be required to arrest transient sink rates (assuming
of course that pilot intervention would shortly include the rapid addition
of throttle). The control defiﬁition includes both appfoaches, with and

without throttle (c¢j) included in the feedback control,

The phugoid oscillations are damped utilizing pitch angle (8)
feedback to the elevator. The transfer function associated with this |

“control is:

§(s) = ,008 s (s + 0.199) (rad/deg),
de s (s 4+ 0.0919 s + 0.151) .

Applying root square locus techniques provides a root locus as sketched
on Figure VI~-9. Pole locations of s = =0,45 & j 0.2 sec™! are selected

which produce the following feedback gains:
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" 0.239 (deg sec/ft)

-95,526 (deg/rad).

Ce

Dropping the Cu term moves the poles to s = -0.43 + j 0.35 sec~l changing

the damping factor from 0,9 to 0.8 while economizing on feedback terms.

Two control approaches utilize the elevator damped ﬁhugoid to
develop control of altitude; first with the aft flap (df) alone, and
second with the thrust (dcj) included. The aft flap alone control is
determined by applying the control to the altitude state (e.g. h _(s)).
The results of this approach are contrasted with the full statedinter—
action on Figure VI~10. Application of both aft flap (df) and
throttle (d¢j) is taken in the same manner as done initially, the aft
flap (df) is associated with speed (u) and the throttle (dcj) with the
altitude state. These results are shownh in contrast with the full state
poies on Figure VI-11l. The approximate solution poles are shown as
closed boxes and the resulting full state (true) poles are denoted by
X's on both figures. The results indicate that interaction is signifi-
cant but not overwhelming. The approximation, though violated, provides
an indication of the control response and in performing theVrooé square
locus a weighting ratio of desired state to control is obtained. The
relation of thesé ﬁeight ratios is an indication of the control influence

that is being applied.

Application of the spoiler as an altitude or sink rate control is
investigated, utilizing the L:st result as a starting point. The spoiler
control influence is investigated with the non-spoiler dynamics equations

since these equations do not change significantly between the two equi-
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librium condition (see the equations in Section 5.3). The approximatibns
of separation are further stretched since the spoiler is principally a
w control as is evident from the full state equations. The spoiler is

viewed as an adjunct to the previous loop closures of de, df , and dcj

assisting the dcj in h control, The results are presented on Figure VI-12,



T 2.0  s-PLANE (sec’l)
6 EXPECTED POLE
LOCATION
X
X TRUE POLE
X T 1.0 LOCATION
® ,
®
- | ¢ %
-3.0 -2.0 -1.0 1.0
®
X —+-1.0
X
42,0

FIGURE VI-12 CLOSED LOOP POLES OF APPROXIMATE
SOLUTION WITH SPOILER CONTROL -

46



VII. FIVE STATE MODEL ANALYSIS

7.1  AUTOMATED ANALYSIS USING THE FIVE STATE MODEL

The control problem of determining state feedback control laws to
arrest excessive sink rates due to engine failure is addressed using.
the full five state plant model and an automated control computing al-
gorithm, - The Stonford OPISYS computer program computes the opfimal
regulator control solution subject to the system dyn%mic constraints
by minimizing the weighted squares of selected states and controls.

The program's capability is described in detail in Reference (B-1).
OPTSYS computes the feedback control gains with their closed loop |
eigenvalues and.eigenvectors. The closed loop dynamics matrix is
provided as output also, making successive loop anélysis possibie with
out the associated computational tasks. The feedback control incluaes
all the states which can be a drawback if all the states aren't measur-
ed. Therefore, bPTSYS control solutions usually require an estimator

to determine the unmeasured states; which the program can defire (in
steady state) given the appropriate input definition of measuvrements,
measurement noise, and disturbance noise (see Reference B-1). Another
approach (an engineering expediant as opposed to scholastic.ﬁr scientific)
to the problem of unmeasured states is to delete them. Ferhaps the
particular stéte feedback that is not meaéured is also not providing the
major portion of the desired stabilization. If this is so, tﬁen that
state's feedback, though required to provide an "optimal éolution”’is

not necessary for acceptable control response. The scholastic approach

NOT. mm
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would be redefine the initial weights until the feedback in the un-
desired channel was rendered negligible., However, this would be very
time consuming since the current approach to minimize a state component
in a particular eigenvalve mode is by trial and error. There is no
readily available algorithm that can provide the desired eigenvalves with

specified eigenvectors.

7.2 THE ROLE OF EIGENVECTORS IN COST WEIGHT SELECTION

Automated control sclutions change the control préblem from Ehe
computational task of choosing eigenvalves by determining the required
coefficients in characteristic equations to selection (or guessing) the
weights in the cost function that will provide the desired response.

The presence of a ready computer and a control problem to be solved,
often in a short time, provides a strong desire to obtain foolproof
weights with negligible effort; which on occasion may be a guess at some
values. No foolproof weight selection exists to this author's knowledge.
~One rapid method to initially estimate thé cost function weights is

suggested by Bryson (Reference B-2),

Bryson suggests that the designer identify the maximum expected
value desired for each state of interest and cach control. The fendency
of the optimal solution is to spread the controi so each part of the
cost is treated equally in minimization. Therefére, weighting the squares
of the states so they are normalized relative to their importénce will
provide the desired result., The suggested weights are the inverse of the

square of the expected value of each state,
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Another method is demonstrated by the analysis of the previous
section. That is first analyze by approximate methods uséwg Suﬁcessive
root locus to idenﬁify weight ratios then define consistent state and
control weights for the automated solution which includes the ignored
interactions., Both weight selection methqu are applied to this pro-

blem,

Once an initial set of weights are determined the computer computes
the control and closed loop response characteristics that may not be
entirely satisfactory. If the sclution'ié unsatisfactory the weights
must be changed and a new solution computed., The question of which
weights fo choose and by how much must be determined by trial., In
cases, such as the one considered here, where the number of states is
large, the search for good weights can be a major task., The uncertainty

of which weights to attack can be reduced by utilizing the eigenvectors.

The eigenvectors associated with particular eigenvalues identify
the relative amount of each state that is included in the mode of that
eigenvalue. Any good text on state variable system theory shows the

eigenvectors make up the modal matrix which, in turn is the transfor-

mation of the system (in its state variable form) to modal form (Referencev

D-2, C-1):

X = Qx‘a'{

where: x* is the modal state vector. The dynamics matrix can be trans-
formed into modal form (diagonal in the case of distinct eigenvalues)

and solution determined by transition matrix of the form:
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x (©) =P(t, to) x(o).
The modal form of the transition matrix solution is:
E* (t) = N _}E*(o)

where

= Q' ¢ q.

Minor algebraic manipulation provides the state response in terms of

its modal components:

x(6) = qAQlx(o)
x(t) = QN Q-1gx*(o)
x(t) = Q. x% (o).

The term ./\ x*(o) is the modal response to the system. Q is the modal
matrix made up of columns of the eigenvectors associated with the
particular eigenvalues of the system, Each column provides the state
componént multiplier to the modal response which transforms tﬁe normali-
~zed characteristic response into state units. The eigenvectors provided
by the OPTSYS pfogram, therefore, identify the state make up of each »

mode (eigenvalue or characteristic root).

Selecting a weight to change,once an unacceptable closed loop
response is determined from an initial selection of weights, is aided by
considering the resulting closed loop eigenvectors. Since the eigen-
veétors show the state makeup of each mode, it is expected that the

largest coefficients represent the dominant states of that mode,
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Increasing the state weight in the cost matrix associated with a domin;nt
state in an undesirable mode should result in increasing the stability

of that mode (moving its poles to the léft in the s - plane). However,

the desired result is not guaranteed. If severai states are dominant,

then it is possible that increasing a weight on one of those state re-
sults, not in an increase in mode stability, but in a decrease of amount

of tnat state presence in the mode! Such action indicateé that the weights
not only determine the characteristic location of closed loop poles, but

also the relative state orientation of the modal responses.

fhe preseﬁt approach of increasing state weights is a trial and
error scheme which may'either increase the associated mode pole response
stability or decrease the amount of state presence in the particular mode.
If the dependance of eigenvector orientation upon the relative weight
selection could be identified then a new designrapproach to control could
be obtained, Often control problems are associated with specifying a
fast response of a few states while gllowing others to be much slower,
Inevitably, it seems, the fast and slow states are combined in a common
mode making the control specifications difficult if not impossible to
meet. If feedback control could be defined so as to eliminate, for
example, fhe fast state presence in a slow ﬁode through a proper selection
of cost weights the control problem would, in cases such as is described,

" be simplified and possibly more efficient.
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7.3 INITIAL COST WEIGHT SELECTION

The choice of cost function weights for application to‘the optimal
control solution process is made in three different manners. The first
is to apply directly the weight ratios from the initial approximate
analysis (Section 6.1-6,2), The next choice involves reviewing the various
approximate solution attempts and defining a set of average cost weights,

The last method is the application of Bryson's rule (Section 7.2).

The first example of cost function weights are chosen from the
initial approximate analysis. The ratios of state cost weight to control
cost weight arise from the root square locus gain required to provide the
expected pole locations. 1In order.to apply these ratios one set of costs
are chosen arbitrarily Since no unique solution exists to determine bath
state and control weights. The root locus analysis only provides one
ratio per state explicitly aﬁalyzed, so there are twice as many wedights

to define. The control weights are chosen arbitrarily to be:

B .= 25.0
cJ

- - -2
By, = Bgp = 0.001 (deg™).

The state weights are determined from the root square locus ratios as fol-

lows:

= = =2
Aq 3500. Aq 3.5 (rad™*)
Bde
Ay = 14.25 Ay = 0.01425 (sec2/ft2)
Bag
Ap = 0.0003 Ay = 0.0075 . (ft-2).
Bcj
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‘The successive root square locus technique doesn't explicitly identify
the weights of the states that are not chosen to be controlled explicit-

ly; therefore the state weights of A, and Ag are made zero,

Several approximate solution analyses were made which provides an
overall background of state to control weight ratios. These are reviewed
with engineering intuition applied to obtain a set of state weights. No
interaction between states is considered in the cost function so the
chosen weights are diagonal terms in the cost function matrices A and B

as listed below:

]
I

Ay 0.1

A,
A = 75.0 Bdf = 0.01

0.001 B

i
]

0.005 By, = 0.01

q
Ag = 500.0
" A, = 0.0005

(Wheré the units of each term are the inverse of the state unit, to

which they apply, squared.)

Anothér set of cost function weights are determined by applying
Bryson's rule.> A reasonabie choice of control and stéte excursions is
estimated to define the independent staﬁe and control weights. For ex-
ample, select a speed variation (A u) of 10 ft/sec as reasonable, then
the weight associafed to it'iéz

Ay=1 =1 = 0,01 (sec?2/£t2)
u? 102

The following table relates the reasonable variations and their result-

ing cost weights:
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STATE- WEIGHT
WEIGHT CONTROL VARTATTION VALUE
Au u 10 ft/sec 0.01 sec2/ft2
Aw w 10 ft/sec 0.01 sec2/ft2
q Vq 0.1 rad/sec .100.0 sec2/rad?
Ag = 0.1 rad 100.0 rag-2
Ah h 10 ft 0.01 ft-2
ci dcj 0.2‘(ap?rox 15% of 25.0
nominal thrust)
Bie de 10 deg 0.01 deg-2
Bas af 10 deg 0,01 deg-2

7.4  OPTIMAL CONTROL SOLUTIONS

The three sets of initial cost weights as they are defined are’
input with the five state model to OPTSYS to obtain the optimal control
laws. The resulting feedback control laws are shown on Table VII-1
and the respective closed lcop pole locations are presented on Figures
VIT-LVII~2, and VII-3, The characteristic response as indicated for each

weight set comparing the results to the approximate work.

The first chosen weight set results in the pole configuration
shown on Figure VII-1l, Also shown, are the expected pole locations de-
rived from the approximate analysis (Section 6.3)., Recalling the results
of that solution, the feedback gains that were determined in that analysis
had true pole locations totally different from their expected locatioms,
Indeed they had no épparent relationship with the analysis beyond being

stable (e.g. located in the left half s-plane). Now, the weights from
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TABLE VII-1

OPTIMAL CONTROL LAWS

x

Fx + Gu

Cx

1

b

In each case units are.consistently ft, sec, rad and deg.

1)

2)

3)

Weights directly from approximate'analysis

~-0.012 0.0079 -0.0641 1.292
C = 4,523 -3.244 85.241 -581.32
;.3'262 1.262 -45.091 263.35

—

0.0068

-2.101

1.385 .

Weights determined by review of the approximate analyses

-0.058 0,210 8.479 -1.384
C = 0.062 -0.178 106.58 -205.56
0.125 0.167 -56,25 115.13

Weights determined by Bryson's rule

-0.039 0.024 =~ -0.080 4,128

C = 1.073  -0.519  109.51 -218.71
1.607 0.272  -54.47 109.77
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that analysis provide reasonable pole constellations with the resemblance
to the expected pole locations (Figure VII-1l). The mode separation is
about that which was expected but with changes in response frequency and.
damping, This demonstrates tﬁat the mode inﬁeraction that was ighored in
the approximate analysis was the major factor in providing results totally

unlike those that were expected.

The next example utili;és the intuitively averaged cost weights‘
obtained from the approximate analysis experience, .The major issue in
the approximate work was mode interaction and the inability to avoid it,
One might expect the resulting weights to be conservative, in that they
ask for tight control. Indeed, such a result is apparent from the closed
loop pole constellatipn on Figure VII-2. The short period ié driven far.
out inte the left ﬁalf plane and the slow roots are pushed onto the real
axis. ' One might conclude this is overpowering control in view of the
mild movement of roots of the first case.  Viewing the control 1aws;
though, contradict such a conclusion (Table VII—IS. The feedback matrices
for fhe first and second cases have coefficients of the same order of
magnitude. Indeed, most of the second case coefficients are of lower
magnitude than the first. The significant difference from this trend
is in the thrust control channel, where the second case feedback gains
are larger than the first case, The difference in the resulting pole
constelléﬁion in this second case is due to a fortunate choice of weights

causing tighter control without significantly larger feedback gains.
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The application éf Bryson's rule results in tﬁe closed loop control
pictured én Figuge VII-3. The pole configuration appears to lie somewhere
between the high degree of control of the second weight set and the re-
latively mild pole adjustments of the first weight wet. The advantage
of this approach is it requires no analysis experience with the plant,
one merely specifies the degree of each state that is allowed and also,
each control, enters OPTSYS obtaining the appropriate control law.
Occasionally though the results aren't as acceptable as are these, leav-
ing the engineer with the issﬁe of weight iterations described in Section

7.2,

Each of the optimal solutions have reasonable responses. The second
weight set provides the most stable response which might indicate its
control would be large. On the other hand, the first case with its mild
solution would be expected to require the least control application.

The truth of this expectation is obvious from the control 1awé for each

case (Table VII-1).

The control laws show the three cases to be quite different than
the relative pole configurations would lead one to expect. The relative
gains in each channel are indicative of tﬁe control output for a state
disturbance input. The first case is most different from the last twd,
having the least amount of thrust feedback with much greater elevator
and aft flap control. The last two cases are much milder controls. In
fact the last two cases are much the same with differences of an order

of magnitude on, only, the speed (u), altitude (h) and pitch rate (q)
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channéls. The largest difference betwéen these last two examples is
the feedback of pitch rate (q) to thrust. The second case has a great
deal of this control, whereas the last one has practically non2 (a
difference of two orders of magnitude'between the two cases), The re-
sult is surprising, as it is not apparent from the dynamical equations
that the thrust would play a significant role in pitch rate control

(i.e. pitch damping). . _ -

7.5 COMMENTS ON MODERN CONTROL SOLUTIONS

Three different approaches provide three different control solutions,
Each one optimal for the cost function applied. -The application of modern
control theory is demonstrated in these examples. 'Autbmated control
analysis relieves the computational drudgery of hand solutions (which
classical and approximate analyses tend to be) but does not relieve the
control engineer, The focus éf modern control fheory is ubon the definition
or appropriate cost functions that provide controls that respond to speci-
fications.‘ The classical engineer must learn new.terms and may approach
problems from a point of view that is initially divorced from the classical
pole location root locus concepts, That is, until a solution is attempted
without success; whereupon a correlatioﬁ between cost function‘and the
classical pole location must be developed to change the solution. Although
this seems like a great deal of trouble, two advantages are derived from
its use, First, complex systems aré directly analyzed without eliminating

significant interactions from the analysis.
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These interactions may be beneficial for example: the pitch rate
feedback to thrust of case two which provides the highly stable response
without large controlbgains. Second, the control engineer can relate
control to minimizing functions of state variables with the cost function
architecture, and as such can cast the control problem in terms of system
performance, a form which management understands, The approach also has
one drawback, it defines control as full state feedback. The full state
vector is not measurable in most real systems. However, modern control
theory provides a solution, the state estimator. The engineer, not wish-
ing to add complex compensation, such as an estimator, may investigate
whether an acceptable control results from dropping the feedback terms
of the unmeasured states in the control law. One may expect that this
approach will work if the unmeasured states do not require dominant feed-
back terms to provide the desired pole locations. This latter approach
is investigated for this control study as it is attractive from an economy

of parameters standpoint,

7.6 ELIMINATING FEEDBACK PATHS FROM OPTIMAL CONTROL

The optimal solutions are evaluated with particular feedback gains
eliminated to evaluate the need of an estimator. The approach is to
first determine the optimal feedback gains with the cost term on the un-
measured state set to zero; then to drop the resulting feedback gains
from the unmeasured states without changing the remaining gains and
evaluating the resulting pole locations. The last two optimal soclutions

(case 2 and 3 of the previous section) are used. The states that are
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readily measured are the angle of attack state (w) and the altitgde state
(h). Altitude is commonly availablg as a measurement, on complex trans-
port aircraft, however, it usually entails additional equipment'beyond
that needéd for'stabiiity augmentation. The elimiﬁation of aléitude
feedback is attractive. The angle of attack, on the other hand, is not
commonly provided as a measurement. Angle of attack metering systems
are found on experimental aqd high performance aircraft with special
~needs. Inclusion of angle of attack (e.g. w) requires an estimator in
the context of this study, so it is desirable to eliminate from the con-.

trol law.. The angle of attack (w) feedback is addressed ffrst.

Before droppiné the feedback gains; optimal controi solutions are
generated for the two cases of interest with the (w) weight set to Zero,
This is done to minimize the effect of making the w feedback gain zereo.
The characteristic response is then deéermined with the w feedback gains

set to zero.

The pole configurations, using the modified approximate weights,
(case 2 of Section 7.3) show a dependence of the phugoid que on angle
of attack feedback (Figure VII-4), The real phugoid poles (determined
with the w weight included) become damped oscillatory poles with the w
cost reduced Eo zero. These poles move closer to the jw axis when
the w feedback gains are set to zero. The short period and altitude
poles are only slightly changed. The eigenvectors of these poles have

a significant w contribution substantiating the hypothesis:
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Phugoid Poles (4, # 0)

Eigenvalue (sec-1) Eigenvector (units in ft, sec, and
rad consistent with the
states vector x)
~-1.645 0.144
-0.744
-0.003
-0.002

0.652

-0.350 -0.116
0.276
0.0001
0.0004

-0.954
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Phugoid Poles (Aw = 0)

Eigenvalue (sec-1l) Eigenvector Units in ft, sec, and rad
consistent with the states
vector x
0.603 + j 0.517 0.088 + j 0.039

-0.606 + j 0.503

0.00007

-+

j 0.00005
0.00002 + j 0.0001

1.000 ¥ j 0.000

The cost function chosen for this case (case 2 of Section 7.3) causes

the rotation of the eigenvectors such that the traditionally separated
mode states are mixed. The control law, in this case, suffers from the
loss of angle of attack feedback causing a poorly damped oscillatory slow
mode; that is not a traditional phugoid, but'a heaving motion much like a

ship at sea encounters,

The response with the control laws determined with a cost function
defined by Bryson's rule show a more traditional result.' Removing the
weight from the w state results in real short period mode poles and a slighﬁ
increase in phugoid stability (Figure VII»S). The subsequent setting of fhe
w feedback gains to zero cause the short period poles to return to being
osciilatory with less damping than they were initially. The phugoid poles
move closer to the jwaxis decreasing their damping slightly. This choice
of cost function weights maintains the standard aircraft modestate re-
lations, and suffers very little in removing the angle of attack feed-
back. The main result is a loss of short period damping from a factor

of 0.94 to 0.7 damping factor and increase in frequency by a factor of 2,
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The phugoid damping is reduced from 0,67 to 0.55.

This laét case (case 3 Section 7.3) is investigated for sensitivity
to eliminating the altitude feedback also, The altitude pole moves ex-
pectedly to the origin and the phugoid moves toward the real axis increas-
ing its damping factor to 0.80 (Figure VII~5). These results indicate
that this control law can be implemented, without angle of attack feed-
back, as a stability augmentation system (with speed control) which can
be turned into an approach control sink rate alleviator by simply closing

the altitude feedback loops when needed.

7.7 SPOILERS INCLUDED IN CONTROL
The spoiler control is a dire;t lift device which is apparent in
its influence on the w staﬁe from the dynamical equations. The key to
arresting sink rate growth is to be able to attain additional 1lift
rapidly. The application of the only direct lift control may enhance
the response to lift disturbances;.such as the loss of thrust, In-
clusions of this control is investigated to determine if it is effectiQe
in enhancing the closed loop response. The analysis is developed in the
same manner as the three control investigation using the five state

model and the OPTSYS optimal control computation.

The dynamic model and initial weights are taken from the previous
analysis. The spoilers are assumed to be deployed thirty degrees
nominally during approach. The equilibrium flight conditions were com-
puted for this casevin>Section 5.2. A comparison of the equations of

motion about the equilibrium flight conditions with the spoilers de-
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flected is not significantly different from their undeflected (nominal
configuration) case (¢f. dynamics matrices Sectioﬁ 5.).

The dynamics matrices of the nominal case are chosen to be used for

the spoiler control analysis to determine if their effectiveness is
sufficient to warrant more éareful investigation, Also, thebinitial
cost function weights, as determined by Bryson's rule, for the nominal
configuration are applied, as they appear to 5e a good compromise
selection between plant response and control deflection. Additionally a
small value control weight is defined for the spoiler té allow a full

deflection of 30 deg (Bggp = .001 deg=2).

The spoiler does not appear to be a significant controel céntri—
buéion according to these results. The pole 1ocations; for each of the
conditions phosen, are virtually the same as the three control case
(Figure VII-6). The response is not changed and the contrél gains are
. not significantly changed (Table yii-®. The thrust fcedback éains are
reduced an average of 25 percent., The cther control gains are reduced
somewhat also., The spoiler control inclusion takes some of the control
burden without affecting tﬁe closed loop response. These results
utilize the control in a linear fashion (the scope of this study).
Perhaps a nonlinear control option is appropriate for spoiler

control.

7.8 NON-LINEAR SPOILER CONTROL

The spoiler may be treated as a fast acting configuration device

vhich may assist in alleviation of high sink rates. Plan a nominal
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TABLE VII-2
OPTIMAL CONTROL GAINS
(Bryson's Rule Cost Weights)

. (Spoiler Control included)
(In consistent units of ft, sec, rad and deg)

ALL STATES WEIGHTED

[C0.028  0.021  -0.041 3.145  0.013 |
C=1 0,738 -0.342 108.27  -190.07  -0.386
1.388  0.335 -54.91 119.37 0,308

| 3.334 -2.861  13.83  -433.88  -1.792 |

ANGLE OF ATTACK (w) SET TO ZERO

[0.026  0.018  -0.102 2.919 .0.013

C=| 0.87 -0.783  98.07  -209.08  -0.39
1.337  0.375  -53.31 121.31 0.298

| 3.149 -2.380  21.96  -404.03  -1.789
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approach with partial spoiler deployment which is immediately retracted
upon the loss. of thrust. The equilibrium flight conditions for these

two configurations indicates the strength of this concept (fiéﬁgés V-1
and V-2). The approach condition for a 6 deg flight path with 30 deg

of spoiler deployment is approximately 83 kt at 50,400 1b of thrust.
Estimating the sink rate at the equilibrium flight condition with one
engine failed résults in a sink rate of 18.4 ft/sec with the spoiler
retracted. The equilibrium sink rate at the nominal approach velocity

is 19.7 ft/séc. The same comparison for 60 deg flap setting results

in an estimated sink rate of 18.5 ft/sec (at about 90 kt). The initial’
deployment of the spoiler is worth about 1 ft/sec sink rate. This system
also requires an engine thrust monitor.to signal the spoiler retraction
and as such it would not react to othér disturbance inputs. The spoilers
do not contribute a great deal to the direct control of sink rate. How-
ever, there may be a synergistic interaction with the other control

capabilities due to the increased speed of approach with the spoilers

deflected, which should be researched,
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VIII. FOUR STATE MODEL ANALYSIS

8.1 SINK RATE ALLEVIATION THROUGH INCREASED DAMPING

The effectiveness on controlling sink rate without altitude feed-
back is investigated. The control concepts thus far have included altitude
feedback providing integral control on sink rate and requiring altitude
measurement or estimation, The elimination of altitude feedback is at-
tractive if it can be accomplished without the need of angle of attack
information since the resulting state feedback set as the standard
stability augmentation measurement set of states. This approach was un-
successfully researched by Messrs. Franklin and Koening in Reference N-2
stimulating its inclusion in this work, to determine if optimal control

theory can identify harmonious interactions within the plant.

8.2 INITIAL COST WEIGHT SELECTIOX

The automated control computation (OPTSYS) is employed to the four
‘state aircraft model to generate and analyze possible control laws. The
four state model is generated by eliminating the altitude state from the
_nominal model. The initial weight selection is based upon Bryson's rule
incorporating the state relationship to sink rate. The control set is

the nominal three controls dcj, de, and df.

The initial weight selection includes the objective of minimizing
sink rate. The optimal solution determines control that minimizes the

cost functions:

J = %XXTAX + uTBu)dﬁ.
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Objective of the control is to minimize sink rate. The state weights
are selected to reflect that objective. The sink rate perturbation in

terms of the model states is given by;
h=w+ i,e .
The cost function weights the square:
ﬁz=tﬂ-F2Uow9+l%26 .

Selecting weights in relation to allowable values of states according
to this relationship may result in minimizing the sink rate response to

disturbances. The state cost matrix is of the form:

Auu 0 0 0
A = 0 Aww 0 Awe
0 0 Aqq O

0 Agw 0 Apo

The weights Aww, Awg, Agw, and Age are chosen in relation to the sink

rate equation, arbitrarily letting the state values be unity:

Aww = 1 = 1. ft-2 gec?
wZ

Aow = Awe = 1. = 0,0037 ft-1 gsec rad
20,
Age=1. = 0.0001 rad-2
UO

Recalling that the equilibrium velocity is approximately 135 ft/sec. The

control weights are chosen to be the same as those of the five state case
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3; the application of Bryson's rule case (Section 7.3):

Boj = 25.0
Bje = 0.01 deg-2
Bgs = 0.01 deg=2.

8.3 OPTIMAL CONTROL RESULTS

The optimal control analysis is made using OPTSYS to obtain a well
damped response and investigate.the consequences of dropping the angle
of attack feedback., The initial weights are applied to the optimal con-
trol problem with the resulting response pictured on Figure VIII-1l. The
short period is well damped at a frequency twice the magnitude of the
earlier results, The phugoid response is nearly undamped, The eigen-

_vectors associated with these poles identify the troublesome states:

(Units Normalized
Eigenvector in ft . Magnitude
Eigenvalue (sec~1) Unnormalized sec rad) %100,
-4,88 + 4,08 0.071 + j 0.046 0.29
1.000 + j 0.000 : 3.39
-0.023 + § 0.035 934
-0,006 + j 0.002 2.9
-0.164 + j 0.332 1.000 ¥ j 0.000 32.88
0.007 + j 0.008 . | 0.36
0.005 + j 0.002 3.91
0.002 + j 0.014 62.84
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The eigenvector components are normalized by non-dimensionalizing the
state components with U, and 7 then computing the component magnitude

for unit length of the vector. Clearly the major components of the
phugoid mode are u and © . The velocity state u does not appear in

the h equation rendering it an independent phugoid state component of

the cost function. Enlarging the cost weight on u by one order of mag-
nitude induces more phugoid damping (Figure VIII-1). Previous experience
with eliminating the angle of attack weight with the intention of eli-
minating w feedback has not affected the phugoid poles (Secction VII).
However this case is different froﬁ those provious caées. This difference

is apparent from the closed loop eigenvector state makeup.

The enhanced phugoid mode control just determined has increased the
interconnectivity between the médes. The eigenvecitors are rotated in the
states to increase the interaction of traditional slow and fast mode
states. The eigenvectors are shown as before:

Eigenvalue (sec"l) Eigenvector  Units in ft, sec & rad
consistent with the state

vector [u, w, q,Q]T
-4.86 4+ j 4.07 0.071 + j 0.046
1.000 + j 0,000

-0,023

-
LS

i 0.035

-0.006 + j 0,002

-0.453 + j 0.265 1.000 + j 0.000
0.049 + j 0.023
0.013 + j 0.005

0.017 + j 0.021
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Compare the slow mode with the unnormalized eigenvectors of the previous
case, the w state contribution is increased. One might conclude that
the increased phugoid damping is obtained by increasing the state inter-
action between the two modes. The next step in attempting to eliminate
w feedback is to reduce the w weight to zero to reduce the feedback

gains.

The closed loop response of the system derived with the w weight
set to zero is markedly different than the two previous cases. The
short period roots move to the real axis and into the region of the all
poles of the other solutions in this study (except of course the two
initial cases of this sectioﬁ). The phugoid poles are significantly
changed, tooc. Their frequency of response is increased with a slight
loss of damping (0.68 damping factor), The optimal analysis the w state

influence is dominant to the system response.

The elimination of w feedback must have a significant impact upon
the pole locations since the system is sensitive to w control, The last
step of eliminating w cost weight was taken to reduce the w feedback

sensitivity, which is apparent from the resulting control law:

-0.003 -0,000 0.017 ~-0.034
C =1-0.794 -0.194 52,41 -68.86

2,872 0,206 -39.,11 86.40

(In consistent units of ft, sec, rad and deg)

The corresponding control law with the w cost weight included isg:

78



L,

-0.009 0,075 1.100  0.397
C ={-1.137 8.076 236.42 -33.61

2.957 1.312 -56.31 ' 94.39

The w gains are reduced significantly, as are the dcj and de feedback

gains in most channels.

The closed loop response changes significantly with the elimina-
tion of w feedback resulting in a well damped system and well mixed modes.
The closed loop eigenvectors demonstrate that w is dominant in both

modes:

units in ft sec & rad
consistent with the state

Eigenvalue (sec-1l) Eigenvector vector[p,w,q,e]T
-1.32 + 3 1.29 0.030 + j 0.006
1.000 + j 0.000
-0.007 i.j 0.009
-0.006 + j 0,001
-0.541 + j 0.400 0.165 + j -0.079
1.000 + 3 0.000

0.000 + j 0.003

-0.002 + j 0.003

The change in pole configuration from the previous case (with w feedback)
is demonstrated on Figure VIII-2. The w sensitivity is apparent, the
phugoid poles move a large amount as the short period is destabilized.
The resulting system appedrs to be well behaved with approximately 0.7

damping factor on each mode. However as is apparent from the cigen-
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vectors state makeup, these are not the traditional aircraft modes.

The vertical motion damping approach results in apparently well
behaved systems. It is possible that these control laws may control
the sink rate through damping. However the amount of damping required
to eliminate major sink rate buildup is not yet deterﬁined. Testing
these results by simulation is one way of evaluating their effectiveness
with the additional feature of presenting control input histories for

evaluation of their relative efficiencies.
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IX, ENGINE MODEL

The engine model is provided by input-output thrust responses to
step throttle changes, The data are provided in the form of the analog
output of the NASA simulation (Reference N-l)., A first order response
model is defined for use with the control results in evaluating the
thrust lag degradation of the system closed loop response. The raw
form data are rescaled for presentation and future use. The thrust
responses indicate that the engine is not accurately simulated as a
first order system. Further work to incorporate ﬁhese higher order

responses is identified,

The engine model source is taken from the NASA analogue simulation
output for several throttle setp inputs at initial thrust levels of:
50%, 70%, 80% and 100%. An example of this output forﬁ is provided on
Figure IX-1, the time history responses overall of the data appear to be
of high order (such as third order), but well damped with increased
throttle command (+dcj). The enginé failure problem is expected to
require positive throttle commands, for the most part., The positive
throttle direction is determined to be reasonably modelled by a first
order response representing the thrust lag. The raw data form is used
to determine an average first order model applicable to the thrust and
throttle step ranges expected to alleviate sink rate growth due to loss
of one engine (25 percent of the approach thrust)., The approach thrust

setting used in the current NASA simulation is approximately 60 percent
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full thrust, Loss of one engine is a 15 percent total thrust‘level step
_ decrease, which corresponds to a 5 percent thrust increase in the three
remaining engines. 10 to 20 percent stéps represent the range of ex-

pected control commands. The folléwing responses are read from the raw

thrust response data:

INITIAL THRUST FINAL THRUST TIME TO 95% OF

(103 1b) (103 1b) FINAL THRUST (sec)
15.0 17.5 2.5 |
15.0 19.5 2.5

15.0 B 21.0 4,0
15.0 9,0 3.5

17.5 | ' 19.5 2.5

17.5 15.0 _ 0.5

17.5 22,0 2.0
17.5 . 11.5 | , 1.5

22.0 17.5 1.0
1.0 17.5 - 2.0
1'1.0 15.0 | ' 1.5

11.0 | | 7.0 o 1.5
1.0 60 | 1.0

Thé‘fuli étep éhéngev(Tgsz) is chosen to determiné the timevcohétant
‘ because the thrust histories due to a 10-20 percent positi&e step change
appeat to be near1y first order and the}dominant'control respoaséyis b?“
lieved to be characterized by an equivaleﬁt—lag over these command steps.

The above data are averaged considering three partions of the data.
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The first since the estimate is taken using the 50 percent initial thrust

data, nominal approach thrust level is near 50 percent (between 50 and 70 %
in fact). The average of that response is determined; then the 70% range

is included; and finally the full data set is averaged to determine how

much difference exists (eg how special the subsets are). The time con-

stants at Tggy are determined for the first order system.

T (s) =_a
Te s+ a .

The three average time constants (in sec) and a (in sec™1l) are determined

to be:

Tiow : tgs = 1.5 a 2.1

2

Thea ¢ tgs = 2.3 a ~ 1.3

Ta1y ¢ tgg = 2.0 a z= 1.5

The engine model is not a first order system'as is apparent from a
more close observation of the step histories. The initial approkimatioﬁ
for positive thrust changes is approximately first order; However, the
downward tﬁrust steps are’oscillatorybindicating a second order component.
A closer look at the upwardkdata indicate additional order characteris-
tics. To facilitate more careful studies of the engine model, the raw
ithrust response data is replotted on an enlarged grid to scale up the

VréspOnse curves (Figures IX-2 to IX-5).

The thrust history data is scaled up to make the unique response
‘characteristics more apparent. An enlarged grid of the same structure

of the raw data form is chosen, | Dataxpoints are taken carefully from'
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ENGINE THRUST (103 1b)
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easily identifiable points of the individual time histories and faired
with the aid of a french curve. The resulting thrust time histories
are presented on Figures IX-2, IX~3, IX-4 and IX~5 for initial thrust

levels of 50, 70, 80 and 100 percent.

The engine thrust response is more complex than the initial first
order approximation. The downward thrust steps are damped oécillatory
responses. The upward steps demonstrate the influence of higher-order
poles, also, One particular observation of the 10W thrust (50 percent)
condition is an apparent time lag in responding to step inputs; ghich
increases as the step command is reduced (Figure IX~2). The low thrust

.upward steps also demonstrate a slow first order pole, other than the
initial time 1ag,‘ influencing the last porﬁidn of the rise to final

thrust level, These effects change to an apparently well damped
oscillatory influence at the 70 percent ahd 80 percent thrust levels
where upon an oscillatory overshoot appears to inCreaée with increased step
input (Figureé IV-3 and IX?A). ‘The nature of the downward steps vary with
initial thrust level, too; demonstrating more damping at the 70‘percent‘
thrust level than at either end of the thrﬁsf rangé. The engine plantA
kappeérs to be 'a high order system of at least third order with poies

sensitive to the initial thrust level and the input step command.

The influence of the engine model response variation with command
inputs is an area of research not included in this work, The premise
of designing the control without consideration of the unique engine

thrust respomnses has béen.done‘with consideration of this model uncer~

90



tainty. The dominant first order response about the nominal approach
conditions provides poles in the region of 2.1 to 1.5 on the s-plane
real axis. The control analysis is done with this in mind by attempt-
~ing to keep the closed loop response poles out of this'region of in-
fluence, and by weighting engine control heavily so the cloged loop
response is not heavily dépendent upon engine response, The success
of this approach is evaluated against the first order engine model by

simulation analysis.

Thé inflnence of additionél slow engine response’poles (not in-
vestigated in this research) is an interesting topic for further studies.
The effects of the upward thrust response poles is not expected to be

dominant under nominal approach conditions or conditions requiring higher
. ‘thrust levels, Although the‘60 percent thrust data is not available,
it is‘expected that the lagging response is a low thrust pﬁenomeﬁa since
the 70 percent and higher thrust conditions do not exhibit any 1aé.
‘However, the amount of lagging influence ﬁust yet be determined at the
nominél épproach condition, This lag was not éonsidgrea in establishing
the first order estiﬁate of the engine model, Recomputing the first
,ordér time constant more carefully using the re-plotted thrust histories
provides a value of 0.91 wheﬁ averaging the rise times.to 63 percent of
the step command of the 50 and 70 percent initial thrust data (Figure ~
IX-2 and iX-B); The following'Vaiues_are determined to compute the

average first order coefficient value:
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INITIAL THRUST LEVEL

50% ' 707
STEP FIRST ~ STEP FIRST
CHANGE RISE ORDER CHANGE RISE ORDER
OF TOTAL TIME COEFFICIENT OF TOTAL TIME COEFFICIENT

THRUST tga% a . THRUST tg3% a

(percent) (sec) (sec”l) (percent) (sec) (sec~1)
+35 0.6 1.66 +25 0.6 1.66
+20 1.7 0.59 +20 0.8 : 1.25
-20 1.5 . 0.66 +10 1.0 1.0
-15 1.3 0.76 -10 1.75 0.57
-30 1.75 0.57 -20 1.5 0.66
-30 1.7 0.58

The inclusion of the apparent lag slows the estimated engine response
down into the airframe dynamic region on the s-plane. It is expected
that the results would differ in view of the sensitivity of the air-

frame poles.

The control laws will generally command thrust Qecreases as well
as increases in setting from a disturbance input. It is hoped (to be
shown by simulation) the relaxation'of cohtr§1 dependence upon thrust
commands'eliminates the overshoot of thrust command sufficiently to
eliminate the oscillator§ thrust réspcnsa’influence upon the system,

It is possible tgat more‘efficient and fast responses could be obtéined
by including these effects into a'control solution. Researching the
conﬁrol possibilities with ‘a nbn-linear or more complex linear engine
model including a detailed estimation of the engine's expected response

is recommended for further development of a sink rate control system;
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beginning with a third order identification study of the engine data

and proceeding to control laws with an eight state dynamic model,
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X. SIMULATION STUDY

10.1 = INTRODUCTION

The premise of this control system analysis is tested by simulation
with a linear model. The assumption was made at the outset of this study
to ignore the engine interaction with the aircraft plant in developing
control laws (as explained in Section 1.1). The.dominant engine res-
ponse, under nominal conditions, lies near the plant closed loop poles;
and, as indicated in Chapter IX, may, in some cases, respond slightly
slower than somebof'the fast short period closed loop responses. This
assumption is tested by evaluating the performance of several of the control
system candidates with the first order engine‘model developed  in Section
IX for this study. The simulation approach provides an additional result;
in that the relative efficienc& and actual sink rate performance is
demonstrated so as to be compared with the s-plane analysis inferences,
In this manner, the analyses performed to define the control laws are

compared.

10.2 LINEAR SIMULATION MODEL

Linear model simulation is 'chosen to be adequate, The linear air-
craft plant model is readily available as it is defined to pgrfprm the
control law synthesis. The linear dynamic model is defined aboutrthé'
nominal approach path. Theréforé, perturbations due to the response
to an enginevfailure in the presence of a ;uc;essful contrqlrlaw:ére ex-
pected to be within the linear approximate constraints (approximately

10 percent of the nominal conditions). Furthermore, the linear model is
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readily available; ince it was defined for the control synthesis analysis;
and its transformation to a time simulation is straightforward. The
linear approach does not require the introduction of additional sophis-

tication integration schemes,

The linear simulation model is produced by adjoining a first order
engine model to the plant dynamics matrices and developing a state
transition matrix solution for a fixted time step. The time step is
chosen considering discrete information theory constraints upon sinusoidal
timé histories. The closed loop aircraft and engine dynamics have responses
within approximately 5 rad/seé and for the most part within the engine
response of 2 rad/sec (cf Chapters VI - IX). The selection of a time
step of 0,1 sec results in 12 to 30 samples per cycle for frequencies
of s to 2 rad/sec respectively., This is within the requirements of

discrete systems theory (4-15 samples/cycle as discussed in reference F-1).

The linear transition matrices are defined from the state dynamics

equations:
x = Fx + Gpu + Gpuy

where:

ie
A
i

= control input

e
N
1]

disturbance input (engine thrust)

The engine failure dusturbance is modeled by superposition, applying a step

input of negative thrust (cj) to simulate an engine failure. The plant



nominal approach model is applied since the nominal path is to be main-
tained and as such all deviations are perturbations, The transition

matrix is defined by:

Xpyl = ?.5511 + 'rl Y1n =.-r2 Uon
where:
¢ _-F
= e
) T -F7
[

of e a7 Gy

time integration step (0.1 sec).

-3
1

The transition matrices are defined by series approximation (as deserib--

ed in Reference F-1):-

2

oy

I+FT + F212 + 373 + ...,
o 2! 31

f [IT+FT2 + F213 + ... ]Gi .
21 31 ,

An eleventh order series épptbximation is used. The simulation time
histories are computed by a FORTRAN V computer program (a listing is

included in Appendix b).

10.3 SELECTED CONTROL LAW CASES FOR SIMULATION

S The control iaw; tﬁatvaré selected for,cbmﬁuter simq1ati6ﬁ include:
‘the:approgimate ahalyses'reSulﬁs; the full Stéte dptima1kso1ution§; an
optimal solution;vwithkAww =03 and the fourrstate confrol'solutions‘

(summarized on Table IX-1). The particular cases are numbered in associa-
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TABLE X-1

CONTROL LAW SUMMARY

. (Units are consistent ratios of the state vector x in ft, sec, and rad
and the control vector u in deg)

Approximate Analyses (VI)

(VI-1) "Optimal" Case:

0.175 0.000 0.000 13.762 0.013
¢ = |0.000 0,000 40.000 0,000 0.000
| 3.186 0,000 0,000 105,260 0,000

(VI-2) Revised Phugoid Damping Case: ‘
-0,058 0,000 0,000 3.895 0.0173

c= | 0,000 0,000 40,000  0.000 0,000
| 0.4946 0,000° 0,000 119.900 0,000

Optimal Solutions (5 State Model) (VII)

(VII-1) Cost Weights Directl§ From Approximate Analysis:

C = 4,523 -3,244 85,241  -581,320 -2,100

1 -0,012  0.,0079 -0,0641 1.292 -0,0068
3.262 1.262 -45,091 203.350  1.385 _

(VII—Z) Cost Weights Determined by Review of Approximate Analyses:

o -0.058 = 0.210  8.479 -1.384 0,063
. C = 0,062 -0.178 106,584 -205.563 -0.083
| 0.225 0,167 -50.252 115.130  0.057

(VII;3) Weights Determined by Bryson's Rule:
| 20,039 0.024 -0.080 4,128 0,017

¢c= | 1.093 -0.519 109.510 -218.710 -0,483
) L_1.607», 0,272 -54.470 109.770 0.27@_

(VII-4) Bryson's Rule Weights With'Aww,= 0.

0,035 0,022 ° -0.142 3.689 0.016
C= | 1.212 -0.979 99.784 -241.749 -0,520
1.501  0.331 -53.003 114,765 0.273

Optimal Solutions (4 State Model) (VILI)

(VIII-1) h Damping Cost Weights With Ay = 0.
~ [-0.003 -0.000 0,017 -0.034
¢ = |-0.794 -0.194 52.410 -68.860
| 2.872  0.206 -39.110  86.400
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tion to their section rgference on Table IX-liand are referenced to in
this section accordingly. The control laws use in the three standard
controls dcj, de, and df, The spoiler control is not included; as

the results of Section 7.7. indicate that the spoilers are mot
effective feedback controls in the nominal approach cgnfiguration.

Each control law is discussed in fhe order of their development, begin-

ning with the approximate analyses results.,

10.4 SIMULATION PRESENTATION FORMAT

The Significant simulaﬁion results are shown as time histories of
the parameters of interest in a common format. This allows ready com-
parison of one case to another. The parameters are provided iﬁ standard.

aircraft terminology as £follows:

AIRCRAFT CONTROL
MOTION ) INPUT
sink rate - ﬁo + h (ft/sec) thrust coefficient - ¢j = T
. gs
forward speed - Uy + u (ft/sec) elevator deflection - dey + de (deg)

'ahgle of attack - « = w_ (deg) aft flap deflection - df (deg)
. UO ’ :

pitch angle - © (deg)

- Two figures are provided for each case; ‘the first includes the aircraft
motion history; the second provides;the control history. The scales are
identical where possible,‘to-facilitaté'comparisons (scale changes are

identified where they occur).-
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The time history results are output every second providing a sum-
mary of the motion. Fine oscillations may not be apparent in the re-
sults but none are expected either., This data rate facilitates hand

plotting,the method employed in this work.

10.5 APPROXIMATE ANALYSES CONTROL LAWS

The approximate analyses defined two control laws of interest
(Table IX-1). The initial analysis effort was an attempt to define an
optimal control law using approximate dynamics equations. The result
demonstrated that thé épecial separation assumption haé been violated. -
However, the result, though not appropriately predicted by the analysis,
was stable with well damped slow mode poles. Since the validity was in
‘doubt a second sub-optimal conﬁrol law was defined by combining arbit-
‘fary pole,placemenp with optimal (Root Square Locus) techniques that did
not significantly violaﬁe the separation assumption. These two control
laws are simulated, ﬁhe resulﬁs are shown on Figures X-1, X-2, X-3 and
X-4. ‘The.two cases are remafkably similar. The firét‘case (VI-1) shows
~ the e#ceiient damping that is~identified on the s-plane poie plot (Figure
X-l)}  The fevised casek(VI;Z) is slower than its predeséebr VIi-1),
but allowsbavslightly lower peak sinkvrate, 17.8 as compared with 18,2
fps (Figure X-2). Their control fesponSes are similar also, where ﬁhe
slo&neSs of the second case (VI-2) is apparent from the thrust (cj) and
aft flap hisfories (df) (Figures X-2 -and X-A).‘ The control hiétories
show that the sink rate is céﬁtrdlled maiﬁly by the thrust input with

an initial aft flap transient motion assisting the response. This re-
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sult indicates the résponse in alleviating sink rate is most likely
sensitive to engine response. The engine model, included in this simu-
lation (Chapter IX), reacheé 90 percent of a step command in 1.1 sec.
Whereas the thrust command asks that the loss in thrust be recovered in
about 4 - 7 sec, for these two cases (Figure X-2 and X-4). The engine
demands are not critical (which is consistent with the major premise

of this ;tudy) and may tolerate the band of engine response variance
(shown in Chapter IX). Also, the thrust history is, in the main,
upward substantiating the engine model assumption of a first order
model (Chapter IX). This last observation is true for all the cases

presented in this sectionm.

iThe approximatévoptimal solution, although it violates ome major
assumption,'prdvides a more rapid control. This case (Vi;l) useé
faster control imputs (than the revised case Vi-2) to bring the sink
rate.back to 90 percent of‘ité initial‘condition in 6 éec; which‘is
dﬁring a2 nominal altitude loss of 92 ft and incurring an additioﬁal
loss of Zé'ft. The sink rate increase is stopped in about 3 - 4-sec
or in é vertical travel of about 50 ft. The optimgl appréaéh aitﬁough 
not productive in idéntifying the response (cf Sgétionr6.3)'does mainﬁaiﬁ
" the natufe of Opﬁimality by its slightly supgriqf response withouﬁ in-
creased control "inputs. These solutiqns, éhough app?dximate, have tﬁe
advantage of specific feedback chanﬁels»defined by theAengiueer resﬁlt-
ing in an éconémy of feedback paths wh;ph,eliminatek(disrégard?) un-

méasured.féedbacks that are not absoiutely mandatory. There is no w
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. feedback, however h 1is required since it is controlled (Table X-1;

cf Chapter VI).

10,6 OPTIMAL CONTROL USING THE FIVE STATE MODEL

The control solutions of Section VII are evaluaged‘with the first
ordervengine model of Section IX. ?he first two cases are the results
of applying the weights derived from the épproximate analyses studies.
'The last four cases are defived from the application of Bryson's rule
withaut benefit of analysis and as such typify design by modern optimal

control theory (as discussed in Section VII).

The first two cases, VII-1 and VII-2, are the result of épplying,
first, the particular cost weighté that arise from defiuing the control
case (VI-1) and, second by defining average cost weights with the bene-
fit of the intuitive understanding of.all the approximate analyses.
 Case VII-1 is compared directly with its approximate equivalent‘(case
VIi-1). Tﬁe state time histories are very different (Figure X-5 compafed
with Figure X-1). The optimal solution has t;ken the‘cost définition
with the system state information together to produce a control which-

. epitomizes the apparent’§bjective. The cb$t~Weights objective of the
first analysis is to eliminate excessive‘thrust inputs, and the optimai
solution does! The thrust is not appliéd ip‘any significant amount,
using large amounts of elevétqr (de) ;nd aft flap (df)r(Figure X-G)Q

' The result is large‘angléskof attack (10 deg) aﬁd a 1ikewisé,large pitch
orieﬁfatiéh (5 deg‘nose upwards);k These res?oﬁses are Beyond the

‘limits of the simulation 1inear model as evidenced by the equilibrium
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performance map’éf Section 5.2; the condition of 132 ft/sec (78 kt) and
12 deg angle of attack has no equilibrium solution at the thrust level
of one engine out (37800 1b). These results are not Qppropriate'linear
control solutions since their application violates the linear pertur-
bation assumption of maintaining controls and states near their equi-
librium values. However, the initial portion of the time histories
remain valid, indicating a possible nonlinear'approach to controlling
these transients, since the sink rate builds to only 15.5 ft/sec in

2 sec with this saturating control. Immediate application of thrust
may, in conjuncﬁibn with this control law (acting in the presence of
saturation), provide a nonlinear control fhat eliminates sink rate
transients. Pursuance of this issue is beyond the scope of this
study, instead fhe intuitively averaged cost funétion coﬁtrol law

is offered.

The time history response to an engine failure using the control
‘law of iﬁtuitivé cost weights (Case VII-2) is shown to virtually elimi-
nate sink rate trénéients~on Figure'X—7 without 1arge control inp§ts
 (Figure X-8). "~ The time histories demonstrate a mild tramsient; a peak
sink rate of 14.5 ft/sec, and recovery’ih about 3 sec (less than 50 ft
of altitﬁde is traveiled dufing the transiénts).J This control law res-
ponds ‘as ﬁhe pilotrshoﬁld forcing the thrust back to its appropriate
value in about‘1;2 sec, - These resuits are sensitivé to engine respénse~
éince the cémmand asks eséentially for full’réplacement of thrust aé fast

as the engine can provide it.
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The results here in this case exemplify the premise that the engine
response can be successfully ignored when it is slightly fas&er than the
closed loop plani poles it affects. The pole plot (Figure VII-2) indicates
poles on the real axis inside of 2 rad/sec from the origin, and short
period poles at about 2.5 rad/sec. The engine response is at 2,1 rad/sec,
providing‘the results on Figure X-7, indicating that the slow mode poles
(although moved from their described locations) do not interact detri-
mentally to the system (i.e. the response does not become oscillatory or
unacceptably slow)., This case would be an interesting candidate for re-
seérching the effects of engine response and higher order modeling as
described in Section IX. The next case considered, though, is the case

of Bryson's rule optimal solution.

The control laws developed from applications of Bryson's rule (Case
VII-3) are a compromise of sorts (the crux of optimal control is to com-
promise inla least square sense) between th; two previous optimal cases
(VII-l and VII-2), The state historieé show a mild transient response
to the engine failure (Figure X~9) like the approximate solutions case
(VI—l andeI-Z) applying thrust elevator aﬁd aft flap in quantities that
appear to be an average of cases VII-1 and VII-Z control contributions
(Figurg X-lC). The significance of this result is that it is obtained
direétly:by using the»expeéted control response in the éost function
- weights;(Séctioﬁ 7.3), demonstrating that an‘efficienﬁ'full‘statg cOntfol"

bcaﬁ'be defined from the designers performance requiremeﬁts Withouﬁ egélicit'
'vrégard to the system characteristics. The optimal control sqlutioﬁ utilizesf

the system characteristics in determining the specified solution.
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. The results of this case (VIIwB) afe better than the approximate
case (VI-1) providing a peak sink rate of 16.5 ft/sec 2 sec after engine
failure (Figure X-9). The recovery, however, is slower reaching 15 ft/
sec in 3 sec and recovering to 13 ft/sec in about 9 éec. This is ac-
complished with 5 deg angle-of attack and a pitch up to less than 1 deg
nose down. The control demands areAsignificant using 6 deg of elevator
and 4 deg of aft flap extension (Figure X-10), This control law is
the basis for further investigations concerning eliminating the feed-
back paths>(discussed in éection 7.6). The cases leading to elimina-

ting w feedback are discussed.

The analysis of Section ;.6 proceeds tﬁrough three steps of state
feedback elimination to remove first w feedback and then h feedback.
The objective is to investigate control laws that do not require additional
states beyond those provided to the standard stabilify augmeﬁtation‘
system (eg u, g, and 6 ), Thé basis for these attempts‘is case VII-4
(Tablé X-1) developed iﬁ Section 7.6 by setting cost weight A, to zero.
Thé resulting control law is applied to obtain the time historieé on
Figure X-11 énd X-12. The results are similar to the earlier ‘case but
using slightly more control deflection (Figure X-iZ) to obtain slightly
'vmore‘angle‘of attack and pitch angle causing an improvement in sink
. rate respénse by recovering in 7 sec rather than 9 sec (Figure X—ll);‘an
improvement 1oét by’fémoving the w feedback, The aboVe_control case is
modified to eliminate w feédback, thejresﬁlts of whichk are shown on.

RN

Figures X-13 and X-14. These results are similar to ‘the two previous
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cases with responses much as predicted in Section 7.6, The sink rate
response is slower reaching a peak of 18.5 fps in 3 seconds and recover-
ing to 90 percent in 8 seconds. 7These results are also much like the
initial approximate cases in sink rate response but not in control

response,

The suboptimal control case (with w feedback eliminated) provides a
control that transitions to a new thrust trim condition wheréas the
approximate case maintains the initial condition. The attitude and
control histories demonstrate.this action (cf Figures X-1, X-2, X-13 and
X-14). Case VII-4w (without w) trims up to 5 degrees anzle of attack
losing about 2 fps (Figure X-13), The initial approximate case (VI-1)
drives the aircraft up td 3 degrees angle of attack in two seconds then
returns to the initial attitude without changing speed (Figure X-1), The
controls are different, too, Case VII-4w uses the moving surface controls
to oﬁtain a trim state with slow ehgine conmands (Figure X-14). The

approximate case on the other hand commands thrust relatively fast,

' supporting the transient alleviation with the movable surface (Figure

X-2), The last case with its slow engine commands may be insensitive to
slower engine response models, and may be the best solution to accommodate
suéhcases. The loss of angle of attack feedback does not seriously

degrade the control capability. Next, consider the loss of h feedback.

The consideration of eliminating h feedback is simulated and the
resulting state histories are Shown'on Figures X-15 and X-16, Thé
rationale for such a move is provided in.Sectionv7;6. 'The'objective to
eliminate sink rate transients thfough the ‘closed loop system;démping

provided by the control. Tt is appé%ent,from the results that this
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attémpt at least is not successful, The equlibrium condition with one
engine out at the.nominal approach speed providé a sink r;te éf 18.8'
fps (Figure 5-3). The s;eady state result from this case is 19 fps
sink rate (Figure X-15)! The possibility that the control can provide

damping without measuring h is discussed in Section VIII,

10,7 FOUR STATE VERTICAL DAMPING CONTROL

The resultsof Section VIII are simulated., The time histories
demonétrate that the control provided‘is insufficient to restrain‘the
aircraft (Figures X-17 and X-19);7 The problem with each of these cases
is the engine is not commanded to increase thrust (a conéideratién that
was overlooked in design due to the attention to transient behavior con-"
cepts yet igndring the regﬁlator nature of OPTSYS solutions!) A response:
which is obwvious from the control law (VIII-1 on Table X-1). An example

of how the sclution should look is provided;v

A four state damping control law was identified'during the course
of these simulation studies that successfully alleviated sink rate
transienfs; The controi law: provides vertical-damping with the inclusion
of thrust reéponsé. The control law is similar to case ViII-l (Table X-1)
: with larger feedback gains to thrust (cj) being the most significant

difference, with corresponding decreases to the other channels:

-0.0005  0.0537 0.0118 - -0,0039
C =1-0.,4420 -0,4606 46,4900 -48.5600

0.7303  0,0010  -30,1850. 44,9900

(where units are in ft, sec, rad, and deg).
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The aircraft response to an engine failure using this control law shows
that sufficient control of the four body motion states_(without h feed-
backj can arrest transient sink rates (Figure Xf21); This task is ac-
complished with minor iﬁcreases in angle of attack and pitch angle main-
taining a nearly constant speed. The sink rate changes from the nominal
approach condition of 13.1 ft/se¢ to a s?eady condition of approximately
15 ft/sec in &4 sec having'passed through a peak of 16 ft/seé at 2 sec
after engine failure (Figure_X—ZL). This act is accomplishéd by command-
ing the controls as shown on Figure X-22. The elevator and aft flap are

commanded with the engine thrust to minimize the sink rate transient.

10.8 SUMMARY

Several control laws are evaluatéd; their performance demonstrating
the relationships of various states to the sink rate motion control pro-
- blem. The abproximate'solutions have a common characteristic -- no w
fegdbackw Anéther case (VII-4) is also evéluated without w feedback. '
These cases althOugH different in;detail provide'nearly the same sink
‘rate response; one that is slower than all the other cases that arrested
sink rate. It is obvious then that w feedback is required to eliminate
sink rate transiénté, thus requiringkan estimator control system which
is somewhat more complex (and requires an additiéﬁél desigﬂ task for
the estimator gains). .This anélysis indicatés\thé éink rates éan be
held to 17 ft/sec peaks at 2 - 3 sec after engine failure and recover-
ing ‘in less 10 sec of flight (which correspondé to.22-42 and 141 ft of-

‘altitude respectively) without providing wAfeedback,vbut including in
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every case altitude h state feedback, It is possible that these res-
ponses can be made more rapid with further work of the nature discussed

in Section 7.6.

The optimal full state feedback cases provide the best responses
demonstrating the capability to eliminate sink rate transients, but re-
quiring state estimators or observers for impiementation. The possibility
exists that the excellent response of case VII-2 may be made poorer witﬁ
the addition of an observer or estimator providing slower response,

Such analysis is required to apply a full state control. The estimator
work is left for futuré efforts, as the focus of éhis effort is uponv

control definition.

The is;ue of eiiminating the altitude feedback, the only externally
referenced measure considered (eg fixed to aﬁother éxes system than the
aircraft) is deﬁonstrated to be possible; but with w feedback, Atéempts
to remove thé critical w feedback did not result in successful actions
(i.e. they did not eliminate sink transients). The vertical damping
control is a desirable control approachywhich requiresban éngle of

attack estimate in order to be applied to the study aircraft,
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. XI. CONTROL LAW APPLICATION TO ATRCRAFT

11.1 PERTURBATION CONTROL

The control laws developed in the course of this research are per-
turbation controls requiring care fof their implementation to the study
aircraft. The differences are appareat from the following two éontrol
implementation schematics, the'perturbation mode on Figure XI-i, and
the actual aircraft déscription on Figure XI-2, .During thg analytiéal
analyses g'pertu;bation model is employed which strips the nominal or
steady state contributions from the parameters within the'aircraft',
dyﬁamics model.. The control laws apply to the error. (perturbation)
from the nominal or desired conditioﬁs. AWhen one seekélto use the
resulting control laws, care must be taken‘to apply only the error portion '
of each feedback channel to the control law gains. .Thevsimpiestrapproach
to this problem is to analyze dyngmicai equations which héve oﬁly zero’
steady states, which is impossible with moviﬁg éircraft. Furthermore,
this study maximizes the non-zero steady state terms by using a nominal
approéch condition to define»the dynamics equétions providing Vo> Wos G?o,
and H, states, Measuriﬁé devices provide the fuil values.of the state

parameters being measured,

The recommended application of the control laws resulting'froﬁ this
‘research is diagraﬁmed on Figﬁre XI-Z., The‘diagram indicates the’statésk
 jthat are providéd by measurements already atfriﬁuted to the study.air-
Téraftk(see Chapter I). Angle of éttack is ﬁot proviﬁéd. The "éstimator" ‘

provides‘the:function of ‘defining the control variables for the control
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law. The estimator block may contain algorithms ranging from: (a) sim-
ply subtracting the measured state data from a preset reference;to}pro-
vide the perturbation state to the control law; to (b) full stéte esti-
mators with control law feedback and manual input control feed forward

paths that may bypass the control law,

The developmeﬁt of éstimators for each candidate control law is
not accomp;ished as part of this research. The'éomplete task is left for
future work (in addition to several more identified throughout the body
of this report). However, one example is described to demonstrate the

conttol application and bring out some of the issues involved,

11.2 EXAMPLE ESTIMATOR DEVELOPMENT

'The exaﬁple applies to the.four state damping case discussed in

" Section 10,7. The four state dynamics matrix is appliedvso the in- -
puté are in perturbation form requiring that each channel be stripped

of the reference values (e.é. subtracted) for input. This is 'not a
significant drawback because, of the measured statés u,kq and € , only
one has a significant steady component (e.g. u). The g state is zero in
steady state. The © state is small; -3.2 deg (0.056 rad) énd may: not
severely hamper the system if made Zero. However, B, is described hére—
" to be subtractéd from ﬁhé measured state. The ramifications of leaving

it (@, ) zero are left for‘simulatibn studies not attempted here,
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. The estimator is a full steady state Kalman filter for which the
OPISYS computer program provides a statiomary solutidn. The solution is
developed and described in detail in Reference B-1l., The form of the’

solution is as follows:

1%
1
g

1%
..‘..
0
| -
I
4
o
N .
12

y=Hx+y
¥=%+K(y-HD)

e

n

o
%>

where:

% = the actual state vector.

o .

X = estimatad state vector

X = an intermediate state vector’

y = measurement vector

v = measurement noise (gaussian)

w = disturbance vector with gaussian noise
K = filter gain

The filter gain is described in terms of the error equation dynamics as

a feedback term:

'x1= (F'} Kﬂ) %

The OPTSYS program solution utilizes the disturbance noise covar- .

 iance and the measurement noise covariance in the same manner as the state
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cost, weights (A) and control cost weights (B)_to determine the feedback
matrix K in the above error equation. The concern with estimation is
that the noiée covariances are define terms unlike the designers choiée
of A's and B's and as such are not freely varied., Also problems exist
such as including insufficient measures or defining distu%bances that
do not excites the plants modes leading to no solutiéns. These issués

are discussed at length in references B-1, B-2 and F-1.

The disturbance covariance is treated in thé same manner as the
state cost matrix in Bryson's rule application to define an estimator
(e.g. a diagonal mafrix). Also, the measurement covariance matrix is
described to include the measured variables u, q and & and values chosen
that typify their possible measurement precision. The measurement pre-
cision. The measurement covariance is chosen ;s the square of represen-
tative one sigma variances in the state ﬁeésure. The resulting choices

are as follows:

State : . Disturbance ‘. Meaéurement Measuremént

: Variance - _ S Variance
u;(ft/sec) | 100.0 ftz/secz; / u (ft/sec) . 1.000 ft2/sec?
w (ft/sec) 100.0 ftz/séczr q (rad/sec) 0,001 rad2/sec2
qk(rad/sec) ’ 0.01,rad2/séc2v k (rad) - 0.001 rad?

6 (rad) 0.01 rad2

" which provides the error equation respomse shown by the pole locations

of the s-plane on Figuré;(XI~3). The associated eigénveétors are given
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below:

Eigenvalue (sec-1l)

-3,129 + j 0.50

"9.99

-0.741

Units in ft, sec & rad
consistent with the state
Eigenvector wvector [u, w, q,e]T
0.017 + j ©.070
1.000 + j 0,000
-0.016 + j 0.004

0.001 + j 0,019

-0.997
-0.080
0.003

-0.001

-0.010
-1. OOO
0,002

-0.0004

Most of the poles are beyond the response region of aircraft plant

sufficiently far so as not to interfere, except the last one above.

It is an angle of attack pole that lies in the slow modeAregion which

~ will interact with the system. The effects of this interaction may be

‘tolerable. Therefore; it is recommendad that such a test be performed

in the context of further estimator studies. The filter gain provided

from this solution is:

122



— -
9:988 "10967 8.064 .
K=| 0.249 -35.722 -9.770

-0.002 2.528 -0,383

| 0.008 -0.378  3.250 |

(Where the units are ft, sec and rad consistent with the associated
state vector X.)

which may be implemented in a simulation.
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XII. CONCLUSIONS

Several control laws to alleviate the transient sink rates during
an enginé failure during approach are defined with varying degrees of
control in aécordance with varying degrees of complexity. Comparison
of analysis by apprbximate mode decomposition and by the’full state
variable optimal control, provides understanding of the dynamicé énd
an indication of the limitation of the apprdkimate anélysis. “These
state vériable control analysis solutions result in successful alleviatioé '
of sink rate transients Qhereas'the classical autopilot did not. The
classical éutopilbt allows peak sink rates up to 22 ft/sec within &4 sec
after an engine’failure, reaching a steady state sink rate of 18 ft/sec
in 8 sec (corresponding to appfoximateiy 130 ft of altitude traVel).'vThe
state variable solutions demoﬁstrate an average response 0f'17 ft/sec
peak sink rate in 2-4 sec, recovering to the initial sink rate iﬁ less -
than 9-sec,ﬁith an atteﬁdant smaller altitude loss, on»the order of

120 ft.

The more complex feedback laws perform better. The approximate
solutions and suboptimal solutions (withouﬁ angle of attack feedback)
’provide less sink rate alleviaticn.b However, the fuil étate feedback
control 1aws’are yet to be analyzed with the limitations of an gstimator

providing the state feedback, so their performance quotes are tentative.

The full five state feedback cases using the average approximate

solution derived weights and using Bryson's rule derived weights control
, - , g Prysor - &

‘ - 194
PRECEDING PAGE BLANK NOT FILMED *



the sink rate transient to which a 15 ft/sec peak sink rate, Thé former
solution provides the tightest control recovering in 4 sec after engine
failure (about 80 ft of altitude) by depending heavily upon engine re-
sponse. While the solution derived from application of Bryson's rule

used slower engine commands to recover in 9 sec (about 100 ft of altitude).

The approximate solutions and ghe reduced feedback optimal solution
(w feedback dropped) allow larger peak sink rates while reéovéring to‘the
initial sink rate within 8 séc. A peak sink rate near 18 ft/sec océufs
in each of these cases, which is less than that of the classical autopilot
(22 fﬁ/sec). These solutions are of ﬁarticular interest because they use
the same féedback channels as the classical autopilot with the one addition

of altitude feedback.

The possibility of providing sufficient coﬁtrol’(within h feedback)
in the aircraft to elimihate sink rate transientsvis dehonstrated. How-
ever, the successful solution does not deyelop from an optimal solutionm,
but from an.“intuitive’gain changing happenstance resultﬁ solution! The
optimal.analysis is not-a cure-all, ' The successful four stété case pro--
vides good sink fate controi without altitude feedback, bu£ unfortunatelyk>
requiriﬁg angle of attack (eg w) informétion. This caée builds up to
16 ft/sec peak sink rate in 2 seé,;recovering_to a steady state Is;ft/sec

sink.rate‘in 4 sec (about 70 ft of altitude).

‘ Thtoughout this research topics beyond the scdpe of this work are
described for future work that may‘improve the'performaﬁce of an actual air-

craft control law, The results of this work demonstrate several successful
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candidate control laws that may assist the pilot in arresting the éngine
failure sink rate transient. However, along’tﬁe way several extensions
of this work are identified ranging from; the basic issue of'the cost
function weight selection relationship to the modal eigenvectors; to,
the addition of more complex analyses to test the assumptions and models
used in this work. The domiQant suggestions that may providelbettq;
control are summarized here:
o Eigenvector constrained optimal control solutions.
o Nonlinear control studies including verification of linear
controls.
o Engine model extension and integrated linear control analysis.
o Estimator development to provide unmeasured states and possible
engine thrust identificatioﬁ.
o Integration of the longitudinal control with lateral control

requirements,

The optimal control approachkto developing control laws for complex.
systems‘dqes not provide a direct association of the modal states to the
cost function. A first cut solution to a control problem may yield un-
acceptable response results; where the desired eigenvalues are detérmined,-
but where the desifed fast and slow states are mixed in the modal eigen-
vectorS.V_Additionally, if one could specify the state orientation of the
closed loop modal reséonse, then partiai state feedback solutions could
be more readily defined, without the trial and error methods demonstrated
in this study. The ﬁeed of‘an understanding of the relétionship between

the cost function, the closed loop poles, and theif associated eigen-

x

126



vectors is suggested as fruitful research to reduce the art content of

solution iteration.

The topic of nonlinear control schemes, although not included in
this research, may provide a better solution, Two poséible nonlinear
" control schemes for future iqvestigation are identified in the course
of»this work; approach with spoilers; and saturating control. One possible
control scheme is to fly the landing approach with the'sboilers fully de-
ployed, so they mayrbe retracted upon failure. Linear control laws
developed about nominally deployed spoilers did not show significant
differences from the nonspoiler cases. However, there may be a syner-
gistic intéraction with the other control‘cababilities due to increased
nominal speed of approach with the spoilers deflected, which should be -
researchéd. Control saturation is the déflection of the controls to their
maximum extent, to arrest the transients., 1In thié case, deflecting the
aft flap and =levators so as to immediately arrest the sink rate, while
simultaneously commanding an increase in thrust from the remaining
engines, to hold the desired steady éink rate. Oqe sucﬁ poséibility is
identified witﬁin the body of this repoft, and should be analyzed_further

to prove its worth.

The engine; élthough représented in this wérk by its dominant
positive thrust step response, as a first order system; éppears'to Be
more closely identified as a third order system with coefficientskde-
pendent ;pon the ;nitial thrust, the size of thrust change command,’énd

the direction of that command. ' The possibilities of better sink rate
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control utilizing a nonlinear or more complex linear engine model inte-
grated with the aircraft motion states should be researched as furthgr
devélopment of a sink rate control system. It is recommended that such
work begin ﬁith a third order identification study of the engine data,
and proceeding to contfol 1aw.developmént with an eight-sfate dynamic

model,

Thevoptimal full state feedback cases provide the best reéponses
to eliminating sink rate transients, but requiring state estimators to
érovide the unmeasured states for implementation. The possibility exists
that their excellent responses may be constrained by slowly responding
’estimators. Additionally, estimators may provide an acceptable eﬁgiﬁe

thrust failure identification,'for nonlinear control application,

The scope of this study is limited to the longitudinal control
problems’associated with an engiﬁe fa’lure. An engine failure requires
aéymetnic laterialvdiréctional trim compensation that may detrimentally
affect the sink rate problem. It is recognized that these aspects will
be included in the future evaluation of an acceptable control solution.
However, the possibilities of dominant interactions exhanciﬁg the control

or estimator capabilities should also be researched.
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APPENDIX A

DERIVATION OF THE PLANT EQUATION'S OF MOTION

The following is a derivation of equations of motion used in the

S.T.0.L. engine failure during approach study in state variable form:
x=Fx + Gu

The study is limited to longitudinal flight (e.g. Translations in x and

z body axes and rotation about the y body axes.).

From Newton's Law:

E=ma=ny
wheré
v = [U+ ul=[%
W+ wi=t2
|5
differentiating
v = |0 +[q}x[_UT= u + qu
W - {Wj W - qU

where
q = , pitch rate.

The rotation is governed by

M = 1yy q.

Expanding the forces and moments about a nominal approach condition in
a Taylor's series provides the state variable form of the equation of

motion:
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om (Gt quw) = X=X+ X, “+le wt+ X 9+ Xeontrols
fuo WO qo
m(W~qu)=Z=Z+zl.“+z M B
o ui,, Vo 4 4o .controls
Iyy ¢ = M =Mo+MuI u+Mw, w+ M q +* Mcontrols
uo wo

qo

Reorganizing the last equations so the derivatives appear on the left
of the equation, alone and removing the equilibrium conditions results

on the fellowing perturbation equations:

r.." pr v ‘T[- e r— _T -—,
a1 X, X, X-W 0l Xe; ¥ge Far agp (dc;
H .
|
v = Z Z Z -V ‘
v u W q Ot ch Zde zdf stp de
q MMM 0 M 1
LqJ u W q _q 3 cj ! de Mdf 0 af
Lo 0 -1 0” LO 0 0 0 - _ -d'sp_l

where the mass and moment of inertial terms are incorporated into the

dimensional derivatives.

The principal interest of, thiS~Study is in the altitude loss due
to major;pkerturbat.ions in engine thrust. The altitude relationship is

defined in the study coordinates:
h=WcosB +V sin® .
Expanding about perturbations

‘}.10 + h = (W, + w) cos (60 +6) + (Uo + u) sin (90 + 6 )
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H, + }.1 = (W + w) (cos 60 cos® - é‘inéo sin@)
+ (U +u) (sin &, cos & + cos B, sinB)

since & «<|
Ho + b= (lg + W (cos 6, - Osind) + (Uo + u) (sin &, + Ocos &)

The aircraft attitude rarely exceeds 10 degrees during approach so

90 </ is also true

o +h= (g +w) (1- 0-9) + (U, +u) (& +6).

The perturbation equation is:

h W+U09

since, u * @, is second order small like &+ 6,. This equation is
adjoined with the above equations of motion to form the equations of

motion for this study.
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APPENDIX B

DIMENSIONAL AERODYNAMIC DERIVATIVES

The dimensional derivatives aerodynamic contributions are
developed, The aerodynamic coefficients include the effects of

thrust on lift, drag and moments:

1

ci = T

qs

,Ma (c(,df, Cj) EISE‘.

tan-1 (y_ )
‘ u

The forces are to be expressed as a Taylor series approximately

oL

O]

(1st order) in the variables of motion about the trim condition:

X =-Dcosed + L sin«
Z =-Lcosx -D sinO(
M=My

First consider the prime aerodynamics (e.g. controls = 0):

D=0Cp (%, c;, d) } V2 S

j)
L =0y (% cj, dp) evZ s
My =  Cq (% cj, df) % e v? sc

*#HUEDING PAGE BLANK NOT FILMED,
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where

= U2 + w2

<
N
i

(U + u)2 + w2

Uo2 + ZUou + u2 + w2

Uo2 + 205u  (to first order with Wy = 0)

Since the thrust is included in aero coefficients, the appropriate

variables of expansion are:
U, W, ¢4 Qs and the controls (de, df, dsp).

Expanding the axial motion equation (the first equation):

>
]

- X+ Xy,

u—!—XW

w+ X lq
o q

[¢]

s
"

D cos X + L sin«
The equilibrium conditions are:
X, = - ‘Do cos b(o + Ifo sin o

‘Determine the first perturbation derivative:

Xﬁ = 0 (-Dcos +1Lsin-) = -dD(cos- _ ) (cos«)D
du . du du :

Viili(sin }.L ¢ (sina)
du “du.

is typ:.cal].y small (xX<|.) so &= { : Thereyforef cosx = cos(

dlffelentlatlng the cosine: -
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d cos(y)= - sin(_v_g) d (g)= - w sing Jagu-lg
: u

uj duj\u

= - w sin« (—l)u"2 :

similarly the sine:

¢ sina = cosx w(--].)u'2 = - w_cos& = - & cos X
du . u2 u
The drag derivative is developéd:
dp = 4 Cp 2 ¢ vZs
du du
since
vZ = (U2 + w?)
= vl 1
g_—-cnul/zf‘" s+Chses2U

u

The term Cp, is- zero in subsonic flight, leaving:

pta

4D =ChesSU
aU o

The lift perivative is identically developed; resulting in:

" dL =C S U.

Substituting the derivatives into X, provides:
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Xy =-CeSUcosd - D «sin
u

+CL€SUsino(+L - cosck
u

<< -
For o 1.s>x‘u pSUC

The w axial perturbation is developed in the same manner:

X = -)D cose - D

4 cos e
W —— —
ow o w

+IL sine + L sine

2
ow dw
The derivatives are determined:

iD= _2C spVvis=C L evis+Cyhes2W

IwW dwW w
=Cy eSW+%eV2s G,
U

JL=C eSW+C _1%pv2s
oL = Cp, I+ %€
ew , ¢ MU
8 cos& ﬁicos(y =-siny 1 =-1 sin(y) C
tw . ) : u U U o/

= = 1 sin«l

U
j_sinot = cos di =1 cosa
ow Fw U
Substituting into Xw:
"xw=.-"- CDQSW-F%\Q_\_T_%SCDOC cos - D -1 sinw
1

————

o+ aesuener

SC sinx +L 1 coset
< . [T

el
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Including the definitions for D and L:

x,=-(cpesw+ %eg_% SCp ) cos + He W 5 Gp sinw

+(CLeSW+ % V% 8¢ ) sinad + % eV? 5 Cp cosw

T : U

The conditions of zero o or o« << 1, imply = <<1, ,also which

A
u
-yields:

X, =-%eUiscy, +5evscy
v T

-3 ¢8U Cp, - 0O

'The 1lift equation is determined in the siwe manner as above.

The equations are:

Z=-LcosX -Dsin ,

differentiating:

Zy = - 3L cos=x - L _ﬁ_ cos o -3D sine¢ = DO sin e
Jou du Ky dw
Zy = - 3L coset - L @ cosx -3D sinec - D3 sinee .
: dw . Ow oW dw

Computing the derivates in the expansion

Zy = - C, S @Ucoset - (g ol sin o

clon

- Ch S U sinee + Cp q S o, COS e

136




N
n

-(CLPSW‘i‘CLa{%?uZS)COSO( +%QVZSE£ sin &
U U

_(cDst+%v2%ch) sir)a(-%{aVZSCD% cos &

For &« <</ approximation yields
Z,= - P .S U .CL
Z,=-%psSU (chﬂ-cD)
The rotary force terms. are qegligible:
Xq =0

Z_ =0,

The moment equation, about the Y axis is:

= 2 ¢ =
My = - Cy (o(, CER dfo) 5pucsec.
- The expansion derivatives are:
M, = +Cm1/2pS<':2'U=+CmPScU
M, = +9Cnkp V2 SE+Cykpsciv”
‘ oW w
My= +ChhpVise+Cpipsc2uw
0y ‘
Mw—_- +Cma<1/2PUZSE+CmeSBW
U

[,
o1

Which for et/ - - CM«% e U
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The rotary damping derivative is significant:

|

A4
Na
5
Na)

q &m
g
20/
Mq=1/2{>v7-sacm @
, . q 20

Allowing that the velocities are:

2 o, y2

\

"Results in the rotary damping dimemsional derivative

Mq=’1{,eU8czc

The control derivatives are straight forward aerodynamic

coefficient applications; ‘The non-dimensional derivative coefficients

" are provided in the aerodynamics data and are dimensionalized for the

‘state equations

ch

ch

‘ Mcj

as is shown for the thrust control ( c¢j):

Il

% P v2 s (_, Cch cos ol + CLcj sino()

it

j sin 0() ,

9
L ¢ Ve s (- CLCj>C?SO( - CDC

i

L 2 g ¢
s e V& S ¢ Cmcj
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The derivatives of the elevator (de) aft flap (df) and spoiier (dsp)
are determined'by replacing the differential subscript (cj) with the
appropriate variable. The aerodynamic coefficients are provided in
APPENDIX C. Note that the coefficient Cmd is taken to be zero,

sp
since no data is provided for it in the aerodynamic data reference

(N-1).
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APPENDIX C

The digitized aerodynamic coefficients are presented on the
tabieé in this Appendix. The coefficients are referenéed, uniformly,
to the wing area (AREF = 1667 £t2) and the M.A.C. (CREF = 16.3 ft).
The aerodynamic coefficients are presented for the range qf angle of
attack, alpha (o) and thrust coefficient (cj) oﬁer which the originalv
data is plotted. The angle of attack extends from —10 deg to +28 deg.
The thrust coefficient range is from O to 3.85, Alpha is in degrees,
“all other coefficients are nondimensionél. The coefficients are

arranged as follows:
Table C-1  Aerodynamic Coefficients (Cy, Cp, Cy)
Table C-2 ‘4E1evator Control Derivatives (CLdé’ Cpde> Cumde)
Table C-3 Aft Flap Control Derivétives (Craes CDéf’ Cmag)

Table C-4 ~ Spoiler Control and Pitch Damping Derivatives

(CLdsp’ CDdsp’ CMdSp’ CMq)
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TABLE C-3°

AFT FLAP CONTROL DERVIATIVES

LLDF
ALFHA-—- DiT= O Q0

SO Y] oL

=2

oo 0T L

W T

R

ALFHA~=~ CiT= O, dnan

=10, a0un ST
ety Satug
SIILG0
BN ]
REI B xE:]
o UL
Lo

PRIty

f-ﬁ.,':'HeCf""— CAT= AT

S ExL
e Ay
SO

S

S e D

LOFUR

.
g
-~y
P}
P}

.
Ded
Xl

=]

IR BT
=

X
=

=

]

SO

YL
I FiRY]
L RS UG
]

143

R N

]
e B35
)

R R
LOESO

| R

SAann
o LG

Uil

<RI
R

2 L0000

S

S i
S nO
LS

Y

o3 G-

P
PRI

L’"
Xe
ih
()

SRt
Uobnn
LT

A



TABLE C-4

SPOILER CONTROL AND PITCH DAMPING DERIVATIVES
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APPENDIX D

COMPUTER PROGRAM LISTINGS

The computer programs developed for this work are included in

this Appendix. They are as follows:

Equillibrium Performance Map . . . . . . . . EQPERF
Calculate Dimensional Derivatives ., . . . .. EQNMOT

Linear Simulation Model ., ¢« ¢« ¢ ¢ o o ¢« o » SIM

The subprograms required by each program are included following

each main program listed above.
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¥¥ FOPERF %%

3
H
€
!
¥

i
i
i
H
- i

=& 8 3N O WIe -

e

3

30
3
12
KX
34
35
36
37

3G
L
a4y
up
a3
ua
45
46
47
ug
49
S0
51
he
53
54

Pt s o it b 4

3E—

1

COFILE:

SUBRO UTINE EQPERF

DIREMSTON TLS) 9 AL (10)

'C AERC TABLE INPUT

PRINT /9 IMPUT AFRG BY ARD DARRC!

AU LZDSYATRPY

TIeE

cai2

-

TLIMENSION COEF (13, 7.a),AT(7)-\JT(5)9AC(13)

READ (S /) (CCCOEF(IVARYIAYIL) 9 1AR147) 0 IC=1,5) 1 IVAR=1913)

CREAD(S /) (AT(IA) ¢ TARLT) .

READ(S5¢/)(CIT(ICYICE 145)

PRIMT/y Y QUICK BEE AT SEA lEVEL DATA

AMD 60 DEGC FLAP?

PRIMT/v' INPUT CoOND RKO AREF w1 o
CREAD(Sv/) RHOPAREF oW
PRINT /ot DF  DSPY
_ READ(S./) DFyDSP
IN=v,
. Sdh-l.
h¥Q=,ss . SO .
Tu*?1h0ﬁu
TN=4 EL
F'R]_f\,T Zet TAPLY 5. I})RlJbT' e i
TREAD (S N (TCTIoTx1e5)
PRIMT /o' IMNOUT 1 ALPHA!
REAL (S /) (ALCIYsIxtotu) i - . ) R
ne oo IT*?y:
PRILT /-
CPRINT /'ﬁ;i,ﬁ? I LIRS G S I R T
P«TUT/v' ALBHA DE cL D Cla GCAM
TPRINY /¢! CJ '

9

,PﬁTIT/v'"W“

YIETS)
D0 1Y TAmi1e10 .
AAL=AL (TA)

Vv{rpPsy!?

CALL AFRG(COEF o AT DT ALy 05¢A0)

Gz W/CAREE*ACCI D))
Ineg '
Ta=lney

FJ TCITY/(B3%ARFF)

CALL AERD(EDEF o ATHCJdTeARLCdyaCy 777

V”SGQT(&5¢(JQ4£./RH“\)

CCALL MDOTEVLTCIT) DHDTaNMOeTO, 1)

T DCO=DMDTRVRCOS (Gniw/(ﬁthqtf)
DE=w1, *(Ar(33+AC(91*DffAC(la)*ka)/(AL(g)$5HW)

‘ rl~Ar(1)4(Ar(aJTaH»)*D&+At(7J*DF*AF(19)#HSP

FM*AL(S)+(P[(6)# Hn)*nr+ar(9)*0¥+A£(12)*Do»,

GAM~-1,*([/F!
GAMSATAL (GAM)
QBN ECOZ(GAM) / (AREF *CL)

CIFCABS (GEM=0RY GYT, .01 JAMND.

V‘SGRT(AFQ(QﬁrP /RH“))

PRINT /9Al(1u)eDLsCL CRsCIeGA
Jala.V/1. 501V9Iu

IHLLT

M*¥ST,295

.lq)ﬁu—tw”‘(oro 9

RIET /o (AC(I)oAC(I+:)vNL(I*0)pAr(I+9),I 1»3)

CONTINUE
CONTINRE
RETURN

D
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¥ AERD *% S ‘”’”m’7?ILEi”6ﬂ13OS$KIRP37m”; TOTIMEY Ugi2e

_SUBRAOUTINE AERQCCOEF 9 AToCUToAALICUYAC)
HIMENSION CGFF(llolquvATf7)0LJT(5)9AC(133

PR e p———’

{

i
i
i
1
H
}
i
i

1» -
b
3 MECOEF=13
4 NC=S e s e e - R
5 NA=T T
6 ALI=AAL
i} 1 .. e CdI=CJ : - o '
f TF(ALTWLTLATOLIALISATCL)SPRINT/ ¢ ALP LOW TABLE!
@ 1 IFCCIILLT, CITOINCII=CITCL) PRI TZ79t CJ LOW TABLEY
10 . IFC(ALILGT ATCMA)IALI=AT(HA=L)3PFIRT/et ALP HIGH TABLEY
BN 5 TF(CJTIGT, CIT(NCYICI= CJT(NC-l) PRKINT/9V CITHIGH TABLET
12 ! DO 10 IA=1,%NA
13 TFCALTLEQ.ATCIANIGOTA 11
a0 TF(ALTWLLELAT(IA)) IA=]Aa=13GOTO 1)
15 S X CONTINUE :
Lo de o CONTINUE
17 PO 12 1C=)400C
18 IF(CITLEQ.CITCICIIGOTO 43
e A IF(CJI.LE.CJT(IC))IC:IC—&5GQTD‘13
26 12 CONTIHLUE
2) 13 CONTINUE
R c Ia 1c AL gnhfp ENGE OF VARIABLE SPACE - B
X RATAS(ALI=ATCTAI) /(ATCIA+LI)=ATCIAY)
a4 RATCS(CII=CITCIC))/ACCITCICHL)=CITCIC))
e 5 e DR 20 TCF ) NCOEE
26 Ci=(COEF(TICF s IA+1 2 1C) (UrFfICFvIAvTC))*LATA#LDE (ICFyIAYIC) ,
o2 C:*((Otf(ICr91Q+1vIL+l)~€0LF(ICF71Av1(+lJJ*”ATA+CFEf(ILF'Iﬂyl(#‘
& 28  ACCICF)E(C2=CLY*RATC+C)Y R
1> 20 CONTINUE ' )
3 RETURN
Y END e
£
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¥% MDOT %%

SUBROUTINE 0T (Y, ToDLDTADMO, T0eTH)_

FILES 6A413054A1RPI

CTIMEG 0832

T

GIMENSICHN VT(H) ¢ AMT(5)9ATT(3)
PATA (VT(I)e I*-',’:)/n..nt 651167, ﬂ T71223.25935474
) /(f\“"T(IJ T=198)/1e00da0) e

ml 02¢1.03391,066
R/CATTCI) o121 05)/04091a03701a076¢10115010227/
I > 1A B (N (D 6 1 . JR . .
TF(VT (1) GT.VIGOTD 11 : .
10 CONTINUE o
o I1=5 , SR e e e e L

11 Ir(I LE.1)GDTL2 :
RATS(VaVT(Iwl))/qUT(1)mYT(Im1))

. CAMRECAMT (L) mANT (Il ) JERATHAMY (Lel) .
TORS(ATT(I)WATT(Im1 ) )¥RAT+ATT(I"1)
DHNTSTHMEDHMOXANRET/Z(TORTHXTGR) .

o URETURN o e e e e

12 DMDT=DMOMTY
RETURM

e e EMD : sy o ——
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CEQNMOT %% FILE: al1305%A1IRPJ TTTIMEY QB
1| SURRQUTINE EQMMOT - _
"""" e DIMENSION CubF(15v7v5):AT(7)~CJT(%)vAC(t3J
k3 COMMON /VARMOT/ZF (109 10) 4G (109402 91:090W0y THLTGvCJJ LEQ .
4 & WDFODSPOWVOWGAMO e e e e e
5 € AERD TABLE INPUT
6 PRINT /st ADD AERD TABLE FBOM AlLD tLE“ENT AERD!
7 o READ(Sy /Y ((CCOEF(IVARIIARIC) 1 IAS 9 7)01C 115)!IVAR 1¢13)
T8 READCSy /) (ATC(TAY o TAS14+7)
9 RFAL(Sy/)(CJT(I().IC fe5)
10 C CWRITE (e /) (ATCIA) 9 TARYY 7) S S
11 C wRITt(bv/)(CJT(IC)oIC 1 5) .
12 C DO 12 IVAR=1+13 Lo
33 €. PRINY /s' YVAR =VyIVARy' JA 1 2 3 45 6 7!
14 c DO 13 IC=)45
15 (o PRINT/Z2ICe (COEFCIVARIIAYIC) 2 IAS 197)
f6 €13 CONTINUE i
17 C 12 " CONTINUE
18 RADRST 295
19 _GE=32,2 - ' o
20 PRINT /! I'PUT COND  RHO AREF CREF W IYY! .
21 READ(Se/) RUOGAREFICREFoWgALY
22 CAMsW/GE e e e e e e e et e
23 SHbzg,
2“ D"U-.ﬁr\
= R e XO=23000.
26 TN:Q
27 RINT/Zy Y DF D3P
26 o FFAF(%v/J DF N3P e B
29 U T T U PRINT /e 0 INPUT FLIGHT COKD THEUST V GaMt
30 READ(Sy /) TeV,GAM
LAY GA=GAM/RAD — e e e e
32 AAL=Q,
33 : Qb:.g#RHO¥V+*’
C34 o WSEREASIMGATD) e . e e
35 WC=vRCOS (GA)
k¥:} C FIRD EQUILIBRIUY COHDITION.
37 IN-—-ﬂ
Y 1J=9
39 T6= TAN(GAP)
a0 ~ PRINT /et FIND EQUILIB €QUDS el
] COPRINT /e
4 9 CJ= T/rnL»Aa&F)
uy _PRINT e YVAR AAL _CJ!
w4 PRINT /eAALCJ
4% CALL AERO(COEF ¢AT CITeAAL yCdeAC)
U6 o VM=z=BART(LR¥2/RA0) R ~
47 CALL MDOTCVaT»DROT D2 10sTOSTH)
46 DCD=DMDT¥VECOS(GAM /(RBE¥AREF)
4R D£1—uj.f(AC(5)+AE(9)$DF+AC(*P1#[QE)/(Ar'b)*oP
50 CLIZACCIY+CAC(UY# Y XDEMAC (7Y #CFHAC (L L) #0GP
51 COixm AF(Z)+(KC(5)A"HJ)*UL+AC(B)4[F+AC(11)*LQP+D
82 CCALL AERO(COEF¢ATCUTeAAL~2 W DTy AL) IR
53 SIQRT(RR*2/RHD)
ha CALL MDOT(VeTADRDT LMD, TOvT')
1 CDCoEDMADTEVECOS(GAM) ZCOARKAREF) . - .
56 QE?«*I.v(ﬁf(4)¢AC(?)¥DF+P[(1?)*[0})/(\C(D)+SHU)
57 CL2RACCE) H(ACCAY*SHY¥DEYAC(TI*TF+AC (L Q) #0350
Ra COREAC (Y + (AC(SY ¥ 51 *DEHACCEY R FHAC (L L) ¥LSPHRED



e e et R ke e e mms bn e emeras i meeam = [N ——eRe 8 R

ORIGIN A+
QFI%%gE'RAGE1s
QUALITY - L o
k¥ EQHMOT % . FILE: od41305%ATKPS TIYE: u8s.
-1 SRR +1 4 W L € of B 1 o B 17 S

610 DENA=(CDI=CDR) /2. R
61 naL=0, ‘ , .
62 CTFCABS(DCDAY «OT. 001) DAL=(AS/ (EBFAREF)~CD1)/DCEA
63 TFCAAL DAL LT, =10, JUR. AAL4DAL JGT, 25.)
6i RDAL=DAL¥ )
65 TECABS DALY AL T 000 AND,. ABSIDCLA), AGT._001) IN=1u '
66 CALL AEROCCOEF ¢ AT LJToAAL+DALCI9pC)
67 VESGRT(GR¥2/RH0) :
68 ; CALL MOOT(VToRIDTDMOTAyTY)
69 DCD=DMDTHVHCOS(GAN) /(OR¥AREF) :
T NE w~'.*(AC(3)+AC(9)*DF+AC(1c)*rSF)/(Acfo)ﬁbH')

TN e, G A0 14+ CAC CAYRBHU) RRESAL (7)ALF#ACCLO) XDSP.
72 . CCDSACCR)+CAC (S XBHU) ¥LE+AC (8 *DF +AC (11) ¥D3P+DLD
73 WRITE(6e/) ' VAR AAL DAL DCLA DCDA IN TC CR/CL CL €D
4 WRITECé!/),AALaDAL'UQkA;DCQn?IN?TﬁvﬁngL’Ck&gg,m_~ s
75 ' WRITE(S1/)YY AlwH #

‘ 76 DO 1Y I=143 :

B A S MTMHMWARITt(é;/).AQ;IL;AC(I&KJqAL(T+ﬁJJLCLI+°) 5 ’ e
78 o COMTINUE :
7% o TFCABS(TG=-CO/CL) 6T, Lut2 LAND, IN LT, 10)

B0 Lo &AM =AML ARAL SINETE LGOI 9
81 , TECABSIDALY LT, J001 JAND, IJ.LG.GJ
a7 EGAML = L\/fg-DVI:QJGU'~1,1¥nF¢Il CrIJg=13G0TO 9
8% S £ 2 & RV 3 OURE TR Bat 2]l op™ Lﬁn~ﬂﬁtn/(”D/(LrGu113 Qh~¢1f~& BRG]
84 &AQTTL(éo/)' GRNEY 'vdngJ~:GIl—“-fUTP9
85 IFCIJLER, 2 JAND, ABS(TLUR/CL) GT. SO02)
86 3NB=(QBLtQa)/2.:HRITE(@:/J' QﬁAEL= !rQB}IJJSEIU:uéuQIQ"Q
a7 ' TRCINGLTWI0) IRITE(He /)Y SOLUTION CONVERGED?
AR AAL SAAL 4+DAY , :
.89 e PRINT /4 e e e — e 4
G4 CoCOMPUTE EQIILIE COMHD IJ ROGY AXES
91 VESLGRT(GR 42, /RHN) S
a7 C GANSATANCCD/ZC)Y . e e
93 FRIMT /o "7!TL13 S5TAS AXES VO GANO ALPD C£J0 TH prt
94 CPRINT /9VeGA r*ﬁAD;A"LvLJ?T'”& : : -
.85 .. _C_FIKD 5TARB. DERIVS , - S
96 . FRIKT /¢t DEFIME F “ATRIX_AMD G MATRIX!
Q7 r CALL AERD ETC, ' ) :
s (‘AL[., AE PQ((‘QEF’ e AT CIT2 AL =S W CTWAC)
9% VESART(OR*¥2/RH0)
tou CALL DTV TeDMDT o D0, TO, T2
SAOY L DCDEDMDTRVECOS(OAN) S LOBEAREF) ‘ — =
102 CLl'A((1)+(AC(J)*)dl)*D&+pf(7)*LF+AC(lO)ruSP »
103 : COI=AC(2)+ (A0 (B) *5HU) ¥DEHAL (B) ¥LF+AC(11) ®¥0SP+UED
104 A ,(V1~Af(3)4(AF(@)*onH)*QE1A£(93*LF+AC(12)*&3”.V”_”_ e e
1085 ‘ CALL AERD(COEF e AT CITrAAL+S e e CJ9AL)
106 ‘ VE3GRT(QREA2/RHND)
107 e AL _MDRTLY y T DD T o DM o T THD
108 DEN=DIDTHYRCOB(GA !1/cus*Aer3
109 CL2=AC(1)+(Aﬁ(a)4bﬂd)*bc+hf(7)¥[F+AC(1U)*LQJ
Sttt o CRR2EACCRIH CACLEY AR EREAACBYALFHAC (L 1) RBBPINCH
111 CHazAC(3Y+(AC{A)XxsHUYSDEHAC () ¥TF4AC (12) *0AP
112 C DERIV PER RADIAN ,
SRR I B S e CLABRANF L 2m Gl 1Y /0L 0 0 ) oo e o o e e e
114 COARRADN(OD2~CD1) /10, :
115 CHASRADF(CH2-CY1) /10,
116 CALL AZRGOCOEF o AT «CJToAAL s C w5 AL)
' 150



¥ EQNMOT 4y T FITE: 641305%A1RPS 7 77 TIVe; ¥

117 yESERY(GR*2/RAO) :
TR CALI 0TV Ty DHRT A0, TAy T
119 NDCD=DMDTHVECOS(GAN) / (GB¥AREF)
Y-V CL!-AC(1)+(uC(U)*hHU)*DF*AC(7)*rF+AC(1O)*CO' o ~
121 T T EDIEACTR) +AC (S ¥SHW) FDE+AC(B) ¥LF AL (1 1) ¥LEPYOCD
122 CHMEISAC(RY+(ACCOY¥SHVYXDEAAC () ¥(LF+AC(12) ¥D5P
123 CALL AERU(COFF o AToCIToAALYCI¥,5440)
124 VEEQRT (AB42/RHD)
12y CALL MDOTCVeToDUDT«DMD e TCyTH)
126 DEDEDUDTRYFCOS(GAM) / COBXAREF) N
127 CL2ZACCI)+CAC (U)¥SHVI¥DEYAC CT)HFIF+AC (L D) ¥pSP
128 CO2=AC(2)+ (AC(3)®¥SHUIADE+AC(BY *[LFAAC {1 L) *D5P+DCD
129 CMP=ACL3)+ (AC (A ¥SHNIFDE+AC () #LF4AC (1 2) ¥0 5P
130 _ CL(J Clhow=Cit
131 , ' CoCd=cha-cnt
132 o eMogEoHe-cMy e U
133 ('ALL KEROICOEF wAT CJTQAM vCJH\()
134 VESRRT(ARX2/RHQY S
CAAS AL MDOY VLT DMDT . RMO TO e TN) -
1%6 peop= ““DTYV*FO&(GA”)/((Hrﬁﬂﬂr)
1% NE z=el J¥(ACT 1+AC(Q)*DF+AC(!’)*£op)/<AC(631adHJ
,35 . “_bcL__ar(3)+(Accq3¢ HIDFDESAC(7)XLF+AC () 0) ¥DSE B
139 £ =AC(2)+ (AC (B ) *3HK *Dr+AC(8)*'F+AF(11}*P PO
140 ' £ —AF(5)+(«F(h)kah)¥DF+AC(9)rPF+Af(18)*509
A4y C QUTPUT AERND IR RAD CONTROL PER DEG
142 PRYNT /v’ CL LLu cLcd leE CL.OF CLD
1473 PRINT/Z+CLaCLALCLE J (A (42 Hd)yAC(/)vLc(la)
14l . PRINTY /' CNOCDA CDCY LDLL CoOF Crpsp ' S
105 ‘ PRILT /v CD1CDASCDOT e CACCHY#3HI s ACCAY vACCLE)
146 PRINT /9 CY CHA CHCJ CHDE CMDEF ChDDAP!
Wh1@7wﬂ_wm,,mw_mw°“1“7 Nan Ly CHAGCHE ] o {ACCO)FEHNY 910 LT) s Af(ig L
148 PRINT /o' C' =Y AC(13)
149 ‘ C COMPUTE STAR DRERIVS EQULIB IN BRODY aAXES
ARG T CARUO S AN T AD Y L i e e ee e
1%3 ; SAs3INCAAL/Z7RAD)
152 ‘ UsvVE(A .
153 WaVESA ?
154 THFF ka*PA =4 AL
155 AL=ALL/RAD _
154 o FQRCF METRIX T
‘”f57' e FOlr V) =CLFAREF £ (RHOXUXSARABHAL¥CA/Y) »CD#AREF ¥ (RHORUXCA +
58 t;-h]ﬂ*M.. 5&/”3 ‘ , 8
1%0 F(122)=CReaREl s (A% ,/&:317+H§9é)~CDA*Aﬁ§E§QB*CA/U
1ae B+CLFAREF# (UG HCALU+RHOX WHB3AIHCLA¥AREF ¥0Bx5A/U
161 ' Flle3)zmm1,%d
162 . F(2rt)zmt o XCLEAREF#(RHQ¥UXCA+QB¥AL¥GA/U) mCDRAREF Y )
163 RORHOKL$BA=RAXALYLA/ZLD
1464 F(212)=CL#ARE F*cmq#sA/U—RUC+“+CﬁJmELA#AREP*Gﬁ*c /L
N L T £e ruwAwErx(mg*LA/u+RHn:n@ SAY=CDARAREF $QH*3A/1)
b6 : F(2:3) =L
167 | F(3a1)204RH0%AR F;+QRLF+
4B F(3eR)sCRAROREARFFACREF /U CMRRUC*AREF ¥ CREF ¥ ¥
169 ‘ F(393)= AF(13}*DR*ARLF*C&FF+*2/(¢-%U)
170 C CONTROL MATRIX
ATy DRARNRBARLF S o . E e
172 NBACROBYAREF¥LPEF
173 Gils1)s(CLOI®8a-CnCI*CA)*OBA

e G271 = (L FCLOSHCAREDE#ON) F28A
SR ST N = 1

e e L T s i e e e e e T B



*e EQUMOT %9

175

[ S P,

176
177
178
179
180
181
18
183
184
185
186

187,

188
189
196

191 .

192
193
194
195
196
197
196
194
200
201
209
EIR
204
205
206
207
20R
2049
214

-2 3 S

n1e
213
o1
2in
216

el7.

218
210
22¢
221

110

i

144

113

CwRITE (A /) LF(2el) e InTe3). e e i - e

S GL30) CHCIRABAC e e

S FCTER I N -3 = s I

FILE: o813¢3%AIRPY  TIHEg 04:

G(lv?)~((+((JJ*aHJJ*QA-(nC(JJkStW)%CAJ*PCA
GCR12) 5 (=1 K OACCH) ¥SHUI A= (AL (5) ¥SHH) ¥5A) ¥784A

G(3e2)=(ACCH)XBHWY¥IRAC R mwwn,.

G(le3)= (AC(7)*QA~AF(8)*CA)*”%A
G(R2v3)=(m) JHACLTIRCA=AC(B)*8A)¥EBA

CG(By3)=AL(IXARAC —— e S

GClyt)=(ACCI0)%SAmACCI 1) KCA)RBA
G(2e4)= (=1 ¥AC(10)XCAWAL (1 1) X3A) ¥ BA » .
G(3e4)Y=AC(12)%0BAC T S
DO 11 I=g.2 '

DO 110 J=1e2 .
GRS A W7 L O . -
CONTINUE v

CONTINUE ‘

DO 11d J=143 , o e
FO3odI=F (30 J)/ATY '

CONTINUE

DO 117 Jxtett
GETeJISO(I Y20 :

CONTINUE . . } _ o e e e e
COMNTINUE '

DO L1y J=get

B3 eI 2GL3JIZATY e -«“.-,.w,.‘;“.,...‘,m.‘, .

CONTINIE

LRITE(&e/) Y STATES ARE 00 W Q A

WRITE (&9/3'  F  HMATRIX!? L e e
WRITE(he /) (F(1LeI)s1lx143) '
wRITE(He/) (F{R9I)aIz=]e3)

WRITE(&e/) ¥ 0 "MATRIX DCJ bE DF PSP'
WRITE (o) (G(T9I)sT=t0d)
WRITE(As /) (GL2v1)almlsn) : e T e e e L

CWRITECAsd) (G(3sI)eIzled)

¢ NOw

e

HAVE F G MATRICES ¢OR PASSIRG OFTL HEXT PROGRAM

LR VN SU

wWlaw

THETO=THEY | |

gdos=ty R - e e e e e i i e

NEQ=DE
DED=6, +0F

BSPOsnSD s
Y=Y ' '

GAMGEGANSRAD

RETURN e . ‘ e R i e e e i e i

END

et N el L e ey sh e Ko e e & 2 i
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¥F SIN ax FILE: 641305*AIRPJ TIMNEs vbi
Rhaaty 2o = AR N N e =
el DIMENSION XCh)el (o) s UDIB)sF (b))l (Hrb) e (090) 1l (0re)
3 DIMENSICH Plosa)eN(osbl ¥l (bek)
L COMMON ZVARIOT/ZSF(10010)eSC(10910) o UCyWNyTHETOSCJCIRED |
5 2eDFQeNSFO VI GAMO
o C INITTALIZE IMPUTS
= S En A i oS S ms e e e s et ¥
a RE=20900000, ;
G RAD=57,.295%
10 ERTRATER U W P IRET W _— e B S e
11 C 2ERC MATRICES : =
17 PO 1n I=t1,.6
= 2 RS JEh == e
!a : F(I'J)=0.
15 -
16 G(I'J)zo. G " - e s i s i ettt oo s il
17 W(I'J)zon :
‘n . C(I'J)zoo
e A PR e S = v St
20 A(IsJ)=0.
?‘ V!O(I'J)=OO
el = CONTINUE. S aor e
23 X(I1)=0,
24 Utly=n,
=L B riin B S oL P el e e B e e SR= =
26 1o CONTINUE
27 C ALL INPUT3 ARF IN FEET DEGS SECS
{ 26 C INpUTS DF F G UQ #p THETO CJn DED DFO DSPQ vQ GAMO
29 C ARE BY COMMCN FROM EQHMOTDHM
3¢ DO 8 1213
2 Nl g ety A e e e
32 FCIod)=SF(Ied)
33 G(IeJ)=0G(1yJ)
34 ; 9 CONTINUE : : S e st s e e
3 8 CONTINHUE
36 GC1r4)=8G(194)
Soe s SIS TERaREEE Y P FUES Lo 218 == — e
38 G(3v4)=36G(24)
39 F(1e4)=0G0
a0 = __F(l4e3)3=1, . = : B R e
4} F(S+2)=14
L F(Se4)=UD
= gn- - - - FHEIRE THRISY DISTUBRBANCE MASRIN e = = e
44 C AMND 1 STATE EMNGINE RESPON3E MODEL
45 PO 11 I=146 :
16 WCIet)=G(Clel) T 2 s
u7 F(Ien)=G(Ist)
4Aa 11 CONTINUE
e e e i e oA T RS T et e = =i
S0 GCle1)20,
51 12 CONTINUE
52 G(byt)z2. ! = : e
53 Flosh)z==2,1
54 DREPS |
= R = P NTOHT ATRITES O Y PHOBLEN
86 PRILTZe 0
57 PRINT /¢! F "ATRIX?

56 CALL PRU(F)




¥ SIM ¥% T FILE: eU130S#AIRP TINE: ubs

CCSUBROUTINE STH

1 i

2 DIMENSION X(f))o”(h)oup(())!f’ (br6)JrLi(Hrb) s} J(bvb)!ﬁ(ovb)
3 DIMEMSICH P(oga)e(eed) Wl (beg)
i

g

COMEON /JVARMOT/SF(10010) 956(10910) U0y WOy THETO CJCIDED

800FD!QSFQ!VWQEA“Q
) C IMITTALIZE IMPUTS
7 e B0=32,2

RE=20900000 .
G RAD=Y7,295

C ZERD MATRICES

G € OSTATES U W P THET H. . e

e DS J=teb
F(I ,.HI)=O-

WY AN Y -
i

ho g3

i
*
L S Q—?‘”-“-‘

BTy J)=0.
18 : CCIsd)=0a
e A PlLed)E0, -

G(Led)Z0n S A

AU n(I?J):Q-
2’ 'fVQ(IVJ):OQ
2 715 CONTINUE.
P4 HCI}=o.
B T =0 —

0 COMTIRUE
Ao INPUTS ARE IN FEET DEGS SELS

!
l
RE BY CO MEGN FROM EQHHOTDH

PUTS OF F G UQ 0 THETO LJQ_DLAWDEDWDSPQwVQ.GAﬂO:,wm;,w

29
30 » DG & I=1+3
e R DR JEled
Y FCIeJ)=BF(Ted)
13 o GLTI+J)=2R6GCYyd) .
BA G CONTIMUE o o

35 8 CONMTIHIE
36 GCLr4)=BG(114)

37 G.(2048)28060204)
38 ‘ GC3ed)=RG(34)
29 F(1y4)=60 .
A FlAs Ry el e RS : —

49 Flara)=1
49 F(S4)=UN
Lo uE o COEHGINE THRUST _RISTUR FAMCE_JALﬁIA

44 C AMD 1 STATE EMGINE RESPOMNSE MODEL
45 PO 11 I=146

A& L RAGERDELGEED I N S
a7 Fileb)=G(Iat)
48 11 CONTINUE

SR 1 L : LO.12 Isleb P
5S¢ G(Iy1)=0. ‘
51 1e CONTINUE

BB BB L SR e e e e e

- F(évh)=~2.L
e BS __. C.PRINTOUT 2 ATRICFES .OF. THE. PROBLELL

"w‘b FJm‘[IT/,! 1

57 PRINT /gt F MATRIX!

56 CALL PRUN(F) . . L
e L S TR TR ok TE T I et S




X ¥

- %Q....n.- e e e
&

61
62

63

A7

a2

ad
65

Y

&7
H8
69
70

80
a1
B2
B3
Al
g
86
87
B8
89
Qi
91
92
93
94

-

T

97

g

26
160
101

103
104
105
106

108
109

EREIE

SR

113

112

P
115
116

STt %%

FILE:D a41365+%41RPT

RILT/Z9 o
FI T/y’ G NATRIX!
CALL PRI(G)

PRIVT /o :

c FDR“ PHI GA!' LGAM MATRICES

98 .
999

AU

2]

50

LGy

UPRINY /! TedoCOEEYL

L HRITECOe 04 L
TOUT=TOUT+DTOUT

ALL PHIGAMF ¢GytiaP el eWHoNT)

. nxrr /v ) PHI AND GAP NATRICES!
CCALL PRETE)

PRINT/y
CALL PRI'(Q) i
PRILY /9

PREINT /ot ENGINE DISTRUBALCE MATRIX

DO 98 _I=t46

o AR Ay ST b

TINE: G812 /

WoAND wi!?

WRITE(He/) MCIo1)swR(Te1)
CONTINUE

CCONTINGE

PRINT /0 :

PRYNT /¢t IHMRUT CONTROL GATHS!
READCS /) YodaCT o
TFCLLEQ.0)BOTD 21

~C(Iyd)=CT

GOTC 20

'Cpk IrdlE

RINT/» ' C MATRIY'
LFLL RRELCY
PRIGT/ ! INITIAL CONRS TO RUN!
PRIMT /et ALT HEDUY !PAX TIVE!
REAG(H /) A0 e QUT e TMAKX
RO=0,
,xi T Hr‘ ‘
TbUTvﬁl,?[T
nTOLY=1,
T=0,
ALP=wQ/L0*RAD

HOOT=eFCORCTHETO/RAD) +LO*SIN(THETG/RADR)

WRITE Chn /) ! OUTPUT!

WRITE (he/) ! T RG
WRITE (&0 7) ! TOTU ALP
WRITE (/)Y U W f

WRITE (aad)t PCd DE BF T

(ONTI‘“r

P

HG
THET HONT ¢
CTHET
CLSpt

TF(TalLTe TUUT)GHTU 9T
PRI“T /' :

1'hITC(Q?101) T ROWALToHD
FORMATLGF 10, ﬂ)

WRITE (a9101) UN4X (1) 4 ALP s THETO+X (1) ¥RAD,

WRITE(6rlul) X

CONT INUE .

CALL VEGH{UyX)

CRALL VX (LT

CALL DYN(PeGeteXpije i)

“TETtQI‘W_W,

HDOT=w0% k?'ETn/hHQ)+uuquﬂ(T}51b/R p)+ﬁcg)rum» (r )

ALP"('“*%()))/(“D+k(1)3*kﬂ‘
RO=ROFVORCOR[(OANULRADN) DT
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F¥OSIM 4K U eriey edrdessAtred T UYL Gas

A7 o L HO=HO=VO¥3TUGANO/ZRAD) XDT
118 ALT=HO=X (%)
119 TF (HO LT HEOUT JAND, UD(1).ER0, )lD(l)-v.?S*CIO‘TPUT T=pT
120 _ o IF(TlGT. T anm 9GR e e
121 T IF(HOLGT.R0IGOTO &
122 998  CONTINUE

o NRR o PRINYza ANOTHER CASE TYPE !
124 READ(59/) T1GAK
ic ) . ”D(l)—bt
126 DD 990 TELeb
127 ‘ X(I)-f!. k ‘
126 ‘ UCId=g.

129 9%a cﬂmr NLUE

136 1F (1GAN.NE,0)GOTO 999
131 END

b S PN o - e o e b, b
- - -
—— - —
e 1o v 5 et s B -
iy s o et e s e e e b b a3t et e e e o o ottt e ns [ROSEVRVRC bt e g e




% PHTIGAM %y - FILE: o41305%AIRPS  TIHE; 832 /

SUBROUTIME PHIGAMCE vGo¥oReQudQoYd . .
HONITOR _ , :

CF G FROM FX46U D &ND Q ARE PhI AMD GAL T I8 SAMPLE DY
DIMENSICN F{br16)eG(ae0)yP(6r0)rL(brb) s (6y6)1t0(6v0)
OINENSICGN DICos6) s 2ERCE46)¢E(H06) sD(61E) W CLEO)yTEMP (b9h)

DL10 Iz=14h ‘ .
R TS R VI £ 3 I N S SR
BI(Ie)=0,
ZERCIJ) =0, | |
10 T T R -1 e e e e
i1 C(Tls )= . : .
12 10 CONTINUE
BUNEE B SRR & 1¢ 20 15 S - I 3 - WSRO
14 DYICIeI)=1,
15 £1 CONTIMUE :
16 L CALL EGQI(ReDIY e e e
17 PO 130 bEt )y lemd
18 IF(LLOTL1YGOTO 100
X9 L CALL EAMITENPAPY i e ‘ .
bt CALL SCHMETEMP,T) ' ' :
2) CHLL ENM (R TENR)
ef 100 CONTINUE e i e L D e
23 : THzhk ' i

S JND A S -

P4 SC=T/Ti ,
ooes. CALL EQVUTE P W F) L L i e o e e
26 CALL SCIT(TE P L3C)
27 , CALL XM(TEMNPf)
28 C 0 CALL ADD(TEN®, NI
29 CALL EQV(RTE D)
U {30 COnTINnyp :
Y 4 CALL EOb CTE I aE ) e e e
32 , CoLl XY (TEMPSG) : .
23 CCALL ERMG,TERR)
U CALL EON(TER,E) .
35 CALL XU TEHP )
36 CALL Eal(eQ yTEHP)
AT e RETURR = I e
38 E N
39 C MATRIX OPERATIONS REQ'C

y
P RSOOSR U o A - ottt i i
L 4
- - - . - - ~ - [P — i, T T -
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XK DYN ¥¥

i
1

CFILED oU1305%AIRPS

TUTIVEY Vg e

SURROUTINE. DY“(roOvPQ9XgU Up)

|
e PINENSTON U)o liDch)
3 DIMENSTION p(f)vh)v("(nvc)yHQ(Ovb)f)‘(é)'TV(b)vTV (8)  TEMP (G 6)
4 MLL VEQR(TVeX) o e
5 CALL VXM(TVeP)
6 O CALL EQMCTE'IPSQ)
7 CCALL VEGM(TV2,UY
TR CALL UXIT(TVRWTENP)
R CALL VADM(TVeTV2)
10 CCALL ERMHCTE"P,WQ) o O e
S S CALL VEGM{TV2.4UD) '
12 CALL UXMCTV2eTENPR)
¥ CALL VADM(TVeTVR) _
y 4 CALL VEQGM(XeTVY)
15 RETURN
16 CEND R B . o




CkE oADK

¥

FILE

M%U?kﬂiTtJE ADTCAT).

GH13HSHATRPS

CTIME: 0Bag

) e e o e e g e+ 1 e _
e DIMLHJIFN hlbed) B(hvo)
3 Mg »
LU DO 10 =94t .
5 no 14 J 1 o' -
[ 10 ACTeJ)ZA(T oIV HR(T,4d)
L7 e RETURNIL e
& EMD
¥¥ EQM Ak
S e SUBROUTINEEACABY -
P DIMENAICH ACbeh)eBlBed)
3 =h .
4 po 10 Isteld N e e
5 DD 10 I’-!O'%
& FO A(TIs =0T 0)
BT CRETMRL s e e e i e
8 . EAD :
9 C VECTOR - MATRIX QPERATICME REO'D
k% SCHE ¥% i
1 CSURROUTINE SCY(ANX) - e o e e
- DIMENSTICR Alhr6) !
3 Mg ) i
4 DO Lo T2t M L i N
5 PO 10 JmyeH i
A 10 A(Tad)=X%ACT0]) !
7. o RETURN § X . e e e
o 8 END i



\,L SR SOOI - Aot LA Rt e 0 A0 J’\ W '\J”J I g . j I
o é BIRMENSICN A(A vh)vh(uvn) D{6eh)

3 Mzg

A PO Ldt J=teM B B

S DO 10 T=34M ‘ ~

6 (1e)=0, ; o .
I D9 Hzilbh '

& 9 (Yo JI=0(T J)+A(I MY¥R (e J)

9 10 COMTINUE ‘ .

10 DO U I i,

11 PO 1 Js1eM

12 11 ACIo)=D(Ie])
oy RETURN

*OTM O¥¥

Y

e ¢ et i i o S < 28 R

T TSN

101
19

TTEND

SUBROUTINE TH(A)

DIn N3TGN AChyh)sD(brb]
M:t)

PO 10 I=1eM

B I e S
10 DCIeJ)SACST)
_DO 11 T=ren i R .
i DQ 14 J=1?M
11 ACIJISDCY o d)
RETURN . R
END i e
i

P

DIMENSTIEON ACEeh)

DO 1o J=1leb

WRITE (Ay108) C(ACJoI)elx190)

TURORMAT(AF I, Y) ;
CONTINUE . i ) ‘

RETURN . / —

BUBKOUTINE PRICAY § ' .

END !

i ¢ riodonet o et e
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e

AN

% VADM ¥¥

13
i
8
i
'

NT NN

i
3
i

xR VEOM #x

i
3
|
:
i
§
{
1
i
|
!
i

Y. Y QIR VRN

FILES 6AL305¥AIRPI

CSUBROUTINE VADICABR) e

10 AGSY=ROS)

RETURN

CTIMbs yBer

BIMENSION A06)98(6)

no 10 Jst oo -
0 ACS)EACD BT .

RETURN |

F D) o e T et e a5 e s s —

SURRNDYTINE VEAMCAGBE)
TOTHMENSTION ACE)eB(a)

*=b .

NO 10 JRLeM B S

¥x V30N x¥ |
i SURPTUTINE VSCLULAVE) ] e e
- - DIMENSTION ALD) ;
K4 AR 7 i
4 RTONE RN S A Lo -
5 10 A(J)=XTACI) ,
6 RE TUR™ : 5
7 CEnD e e e e s e e e fem e S
Kk VXM R#
1 o SUBRDUTINE MXMCAR) e
] ST U T T NINENSICN ACR)sBCase) D) ]
3 Mg J
4 DO 11 J=4H s I
5 D (J ) CEVEN ;
& no 9 m=) M | .
9 DAIIEDLIAACIIERCTA ) e
B 8 10 COMTTIND ;
-9 PO 1L Jm1eh S
10 11oACIY=DCS). . ,”._‘”.”m],. .
H RETURY ~ : :
12 CEND ;
e - i
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