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SUMMARY

There have been a number of configurations proposed for a hypersonic
research airplane. The configuration examined in this report is the initial
one to have extensive wind-tunnel testing, including the present heat-transfer
investigation. The format of this paper has been arranged to present the data
so that it may be examined casually, on a qualitative basis, as well as more
rigorously on a quantitative basis.

The data include heat transfer on a conical fuselage, double-delta wing,
tip-fin effects, deflected elevons, lee-side phenomena, and Reynolds number
changes sufficient to indicate the type of boundary layers to be expected. An
analysis section also allows comparison of portions of the data with accepted
theories. Configuration heat-transfer data not available herein include canopy
heating and its effects, effect of ratio of adiabatic temperature to wall tem-
perature, roughness, yaw, protuberances, leading-edge bluntness, engine case or
engine flow interaction, and negative angle of attack.

INTRODUCTION

Since the termination of the X-15 program, there has been an effort under-
way at Langley Research Center to define a new research airplane. This effort
has resulted in a number of different configurations as the program has been
modified in response to new knowledge and/or responded to constraints such as
launch vehicle, acceleration mode, and cost. Some of the resulting configura-
tions, including the one investigated in this report, are discussed in
reference 1.

When the physical constraints on a vehicle have been satisfied, and the
configuration has been exercised analytically for acceptable aerodynamic per-
formance, wind-tunnel testing is undertaken to define aerodynamic characteris-
tics across the speed range and to investigate hypersonic heat-transfer charac-
teristics. The aerodynamic characteristics of this configuration are given in
references 2 and 3 for low speeds and in reference Y for hypersonic speeds.
Information on propulsion integration aspects is contained in references 5
and 6 and descent analysis and associated heat loads over the speed range are
presented in reference 7. The present report presents experimental heat-
transfer data and analysis for this configuration at Mach 6.

The heating data were obtained by use of the phase-change-paint technique
described in reference 8. The model was tested over an angle-of-attack range
from 0° to 249 and model length Reynolds numbers from 4 x 106 to 15 x 100. A11
tests were conducted in the Langley 20-inch Mach 6 tunnel.



SYMBOLS

When more than one symbol for a concept is given, the second symbol is the
computer program symbol.

Cp pressure coefficient, (p - p)/q,

Cp reference chord length, 29.55 cm (see fig. 2(b))

D maximum fuselage diameter, 6.83 cm

h,H heat-transfer coefficient

h area-averaged heat-transfer coefficient

hg, HS reference heat-transfer coefficient (stagnation condition on a
scaled 30.48-cm radius sphere)

1 model length, 50.8 cm

M Mach number

N coordinate normal to wing leading edge

p pressure

q dynamic pressure

Ry Reynolds number based on free-stream conditions and model length

Ry Reynolds number based on local conditions and local fuselage width

Ry Reynolds number based on local conditions and distance from leading
edge or virtual origin

S surface coordinate normal to model top center line

Tg,TO total temperature

Taw) TAW  adiabatic wall temperature

Tpc phase-change-paint melt temperature

X axial coordinate referenced to model nose
a angle of attack

§ surface inclination angle (see fig. 2(b))
Se elevon deflection angle



Subscripts:
aw adiabatic

o free-stream conditions

MODELS AND TEST FACILITY
Models

A photograph of the configuration tested is shown with the scramjet engine
attached in figure 1. It has a high volume fuselage to contain the low-density
liquid hydrogen fuel and the fuselage forebody is shaped to provide a uniformly
compressed flow to the research scramjet. The expansion surface behind the
engine serves as the engine exhaust nozzle. Elevons provide pitch control
whereas the tip fins provide directional stability and yaw control. The three-
view drawing and selected cross sections in figure 2(a) show the scramjet loca-
tion, flat bottom wing, and other configuration details. The engine was not
included on the models used in this test. Note the increased incidence of the
strake, or forward delta, as compared with the main wing. (See fig. 2(b).)

The 0.021-scale test models were cast by using a mold patterned directly
from a stainless-steel force model described in reference 2. The material used
to cast the models was a high-temperature epoxy plastic which has a low thermal
diffusivity, good homogeneity, and good resistance to thermal shock. A sample
block of the material was cast simultaneously with each model and thermal con-
ductivity; heat capacity and density were determined by standard laboratory
methods over the expected operating temperature range. To provide additional
strength, the model was cast with integral steel sting, and a silicone rubber
buffer was included between the sting and the plastic model for isolation from
thermal stress.

Since the models have a limited testing life because of thermal cycling,
four models were cast from the mold in order to provide spares. To fully uti-
lize these models, some were fitted with elevons, deflected into the flow on
the wing top and bottom as shown in figure 2(b). Also, one model was fitted
with a center vertical tail in addition to the tip fins, but was used only for
0oil-flow tests.

Test Facility

The test program was conducted in the Langley 20-inch Mach 6 tunnel which
is of the blowdown type and exhausts to a vacuum sphere through a variable-area
second minimum. The test section has a square cross section and the test air
is delivered by a two-dimensional contoured nozzle block. A vacuum-tight cham-
ber under the test section houses a hydraulically operated model injection sys-
tem which allows the model to be injected into the test chamber after stable
operating conditions are obtained. Windows on each side and the top permit
simultaneous motion-picture photography of the model top (or bottom if rolled



180°) and side during a run. A more detailed description of the tunnel can be
found in reference 7.

TEST CONDITIONS AND DATA REDUCTION

Phase-change-paint heat-~transfer data and a limited number of oil-flow
patterns were obtained in these tests. All data were taken in the Langley
20-inch Mach 6 tunnel on the models previously described. Nominal test condi-
tions were Mach 6, 533 K stagnation temperature, and Reynolds number of
14 x 100 based on model length. Reynolds number was as low as U4 x 106 for a
few tests and represented a range in total pressure from 35 to 11 atmospheres.
(1 atmosphere = 101.3 kPa.) Angle-of-attack range was from 0° to 249,

Heat Transfer

The phase-change-paint method (refs. 8 and 9) employs a series of paints
which melt at a known temperature. They are opaque when unmelted and become
transparent when melted. Typically, white paint is sprayed in a thin coat on
a black model. When the model is injected into the test airstream, the paint
on the high heating areas melts first and allows the black model to show
through. These areas then enlarge as the paint melts and the later melt time
indicates successively lower heating rates. Knowledge of the time at which the
melt occurs, the paint melt temperature, and the density, specific heat, and
thermal conductivity of the model provides sufficient information to determine
the heat-transfer coefficient. The melt time is measured from the time of model
injection. This is a straightforward procedure utilizing the transient one-
dimensional heat conduction equation for a semi-infinite slab. Further details
of this method and a discussion of the necessary assumptions are presented in
reference 8.

Figure 3 is a sequence of photographs taken from motion pictures of the
model lee side showing a typical melt pattern as it progresses with time. In
the first photograph, only the paint at the leading edge, tip fin-wing junc-
tion, and the strake-wing juncture have melted. The area of melted paint in
these regions has increased in the second photograph and details of the strake
interference heating on the wing top are visible in the third photograph. The
fourth photograph gives the first indication of lee-side fuselage heating, and
the fifth photograph clearly indicates the top of the wing area influenced by
tip fins. The final photograph shows areas where the paint has not melted and
indicates low heating rates. Data reduction is accomplished by drawing each of
the five contours superimposed on the model outline drawing. The heat-transfer
coefficient for each contour is calculated and the results are nondimensional-
ized by the theoretical laminar stagnation-point heat-transfer coefficient to a
30.8-cm-radius hemisphere scaled the same as the model (0.021-scale). A table
on each of the contour-line drawings in the following figures presents contour-
line number, nondimensional heat-transfer coefficient, and ratio of adiabatic
wall to total temperature T,,/T,. Turbulent values of Tgu,/T, were used in
reducing the data and were calculated, based on local conditions, by using the
cube root of the Prandtl number for the recovery factor. Variation of the



Prandtl number with local temperature was considered, and a typical turbulent
value was assumed for the model lee side.

0Oil-Flow Patterns

0il-flow data were obtained by spraying random patterns of white oil drop-
lets on flat black models. The white o0il was made by mixing oleic acid, sili-
cone o0il, and titanium dioxide. The model was injected into the tunnel air-
stream after flow stabilization and the flow of o0il was observed by means of
closed~circuit television. When the desired amount of oil flow was observed,
the model was withdrawn from the airstream and subsequently removed from the
injection box and photographed.

DISCUSSION OF RESULTS
Model Lee Side

Figure 4(a) shows the heat-transfer coefficient contours on the model top
at o = 6.29 and Ry = 15 x 106. A metal-tipped nose precludes obtaining

X
heating data in the nose region <? < — < 0.2). Highest heating is indicated by
1
the number 1 contour and occurs at the wing and strake leading edges, wing-body
juncture, and just inboard of the tip fins. Increased heating due to impinging
flow from the strake may be seen at the wing-strake juncture. The fuselage top
has relatively low heating rates. An increase in a to 11.9° (fig. H(b))
indicates maximum heating still at the wing and strake leading edges but no-
longer at the wing-fuselage juncture or inboard of the tip fins. A region of
high heating has developed on the fuselage just above the strake on the left
side. Increases in heating are still evident at the wing-strake juncture and
inboard of the tip fins. The fuselage top pattern has become complicated with
streaks representing the heating from the flow expansion, separation, and
associated vortices.

Lee-side oil flows at Ry = 15 x 106 are shown in figure 5 for angles of
attack of 6.2° and 11.9°. The model used for a = 6.2° has deflected elevons
and a center vertical tail in addition to the tip fins. In figure 5(a) at
o = 11.99, the flow is attached on the forebody for about one-third the fuse-
lage length where it separates and forms lee-side vortices. There is also sep-
aration on the inboard portion of the wing, but the flow remains attached near
the fuselage and corresponds to the high heating region as discussed for fig-
ure 4(a). As the angle of attack is increased (fig. 5(b)), separation occurs
earlier on both the fuselage and the wing. The entire inboard section of the
wing, including the region near the fuselage, is now separated and corresponds
to the low heating region of the wing (fig. 4(b)). Note that this model has
deflected elevons but no vertical tail.

Figure 6 presents results at a lower length Reynolds number of
Ry = 4 x 106, Data at @ = 0.6° are shown in figure 6(a) and show the
regions of highest heating to occur on the wing leading edges and inboard of



the tip fin. Influence of the strake flow is again seen on the wing near the
wing-strake juncture. The heating pattern changes from simple on the forward
portion of the fuselage to more complex on the aft portion. An increase in «
from 0.6° to 11.9° (fig. 6(b)) brings marked changes in patterns; the leading
edges of both fin and strake have high heating but lack influence on the wing
heating from the strake flow and lack definition of effects inboard of the tip
fins. A complex heating pattern now extends the full length of the fuselage.

A further increase in @ to 2U4° (fig. 6(c)) shows maximum heating still
on the wing and strake leading edges and also extending into the region inboard
of the tip fins. In addition, high heating streaks have developed at the
fuselage-strake juncture. The fuselage top heating is very low when compared
with the levels of the @ = 11.9° case (fig. 6(b)).

Figure 7 presents data at @ = 11.9°9 and at five values of Reynolds num-
bers from 4.7 x 100 to 15.6 x 106, based on model length. At the lower value
of Reynolds number (fig. 7(a)) the discernible heating effects, other than
those expected from simple well-developed boundary layers, are the leeward
center-line vortex heating and the strake interference heating at the wing-
fuselage juncture. As the Reynolds number increases (fig. 7(b)), the center-
line vortex heating pattern becomes broken and more complicated, the fuselage-
wing Jjuncture heating extends further to the rear, and the effect of the strake
flow is seen at the strake-wing juncture and on a previously undisturbed part
of the wing, shown by the closed contour loop number 4. This model had
deflected elevons and the strake flow is possibly responsible for the number 3
contour region near the inboard end of the 12° deflected elevon. Note the
region of high heating (contour no. 1) on the 12° elevon due to tip-fin inter-
ference. Also, there is no apparent elevon hinge-line separation phenomena.

As the Reynolds number is further increased (fig. 7(e)), an additional
region of high heating appears on the fuselage midway between the center line
and the wing juncture. The distortion in wing heating contours is more evident
at the strake-wing junction and the strake flow impingement on the 12° elevon
is more extensive. Figure 7(d) presents data at the next higher step in Rey-
nolds number. The results are much the same as those of figure 6(c) except the
midwing interference heating, present in figures 7(b) and 7(c¢), is no longer
evident, although the impingement effect is still present on the 12° deflected
elevon. The highest Reynolds number tested is shown in figure 7(e) and it also
lacks the midwing interference heating. Note that the heating on the fuselage
side and fuselage-wing Jjuncture in particular has increased in complexity,
extent, and severity (when compared with the leading-edge heating) as the Rey-
nolds number has increased through these five steps. The complexity of these
patterns makes a more detailed or qualitative discussion impractical, but the
data are compared for one fuselage station in "Analysis of Results."

Model Windward Side
Figure 8 shows heat-transfer contours at a nominal model length Reynolds
number of 15 X 106 and five values of angle of attack. Data at a = 0.6° are

shown in figure 8(a). The most severe heating occurs on the wing and strake
leading edges. Interference heating from the tip fin produces patterns on the
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wing bottom that are similar to those on the wing top at this angle of attack.
The feature that is different from the model top and dominates the windward-
side patterns is the forebody and wing transition phenomena. The end of tran-
sition generally produces a sharp peak in heating and is easily recognized by
use of the phase-change-paint technique, since this region will melt early.

The end of transition on the forebody center line occurs at about one-fourth

of the model length and is swept from the center line roughly parallel to the
fuselage outline. On the wing, the presence of an early melt is indicated by
contour lines roughly parallel to the leading edge; thus, the presence of tran-
sition is shown. (This transition location is also shown in "Analysis of
Results.") As the angle of attack increases (figs. 8(b) and 8(c)), the forebody
transition pattern loses its "V" shape and the wing transition moves toward the
leading edge and disappears at the higher angles of attack. Also, the tip-fin
interference becomes more severe until, at angles of attack of 17.6° and 240,
it is the most severe heating on the windward side.

The lower Reynolds number (Ry = 5 x 106) patterns on the windward side are
presented in figure 9 at angles of attack of 0.6°, 11.99, and 2409, At this
reduced Reynolds number, transition location has moved back from the nose as
would be expected, but the tip-fin interference heating on the wing is as
severe as at the leading edges. As angle of attack increases, transition moves
further from the nose, whereas on the wing the transition location becomes more
definite at @ = 11.99., At a = 249, there are large areas on the inboard por-
tion of the wing subject to high heating from either a transition effect and/or
interference heating from the strake.

Windward-side oil flows at the higher Reynolds number (R; = 15 X 106) are
presented in figure 10 for angles of attack of 6.29, 11.99, and 17.6°. The
fuselage is divided into four sections of roughly the same length in order to
facilitate discussion of the oil-flow patterns on the fuselage. These four
sections are the nose, forward fuselage, compression ramp, and exhaust ramp.

At the lower angle of attack (fig. 10(a)), the oil flow near the nose shows
evidence of highly divergent surface flow; however, upon moving aft to the
forward fuselage, where the forward delta-wing limits flow around the body to
the lee side, the divergence is less noticeable. On the compression ramp, the
flow is more free to expand sideways because of a change in both incidence of
the local wing surface, 4.2° for the forward delta to 0° for the main wing, and
an increasing vertical height in profile from the forebody surface to the wing
surface (fig. 2). This cross flow near the surface causes highly curved oil-
flow lines near the compression ramp edges. Near the compression ramp center
line, there is a longitudinal pressure gradient due to the presence of the
exhaust ramp, and the surface flow in this region shows less tendency to
diverge. After expanding onto the exhaust ramp, the flow appears to separate
at approximately 20 percent of the ramp length. The o0il flow at the rear of
the exhaust is dominated by the vortex patterns formed by the expansion of the
wing flow into this region. The very narrow forward delta wing, or strake,
exhibits o0il-flow patterns that diverge from the center of the wing surface,
and indicate a complex flow in this region possibly because of the transverse
flow component from the forward forebody. The impingement of the transverse
flow component from the compression ramp onto the main wing is more evident and
causes an oil accumulation line on the wing similar to a separation .line, which
indicates the fuselage has induced a separated region on the wing. The wing oil
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flow near the leading edge also indicates inflow from the leading edges and a
subsequent turning parallel to the main flow direction. Near the rear of the
wing, the flow is influenced by the tip-fin interference, flow compression due
to elevon deflection, and transverse flow due to the low pressure region of the
exhaust ramp. The elevons essentially mirror the wing patterns except for a
region near the hinge line on the 12° deflected elevon (top half of the photo-
graph), which may indicate local separation. As the angle of attack is
increased to 11.99, the influence on the wing from the compression ramp is
decreased and the separation line on the exhaust ramp is more definite. At

o = 17.69, surface flow divergence is more severe on the entire fuselage,
excluding the exhaust ramp, which now appears to separate immediately,
reattach, and separate again, except the center line which remains attached.
There is no strong interaction of the fuselage on the main wing, and there is
no inflow from the wing leading edges.

Windward Elevons

Figure 11 presents heating data for positive elevon deflections of 6° and
120 measured with respect to the model reference line. (The 6° deflection is
on the right wing.) Figures 11(a) to 11(e) cover data for these two elevon
deflections at five vehicle angles of attack all at a nominal value of Reynolds
number (R; = 15 x 106). In general, the heating patterns are complex and are
influenced by the tip-fin interference at the elevon outboard, the expanding
flow into the exhaust region on the elevon inboard, separation at the hinge
line, distance from the wing leading edge, and location of transition on the

wing.

The contour-line drawing in figure 11(a) (a = 0.6°) is presented at twice
the size of the subsequent figures in order to better show the details of the
elevon heating patterns. The 60 deflection on the right wing (bottom of figure)
shows the highest value of heating in the hinge-line region and possibly indi-
cates a pocket of separated turbulent flow, even though separated flow would not
usually be expected at this low deflection angle. (See ref. 10.) Several lon-
gitudinal spikes define the extent of the tip-fin interference at the outboard
end of the elevon. Further inboard the heating appears first to be influenced
by the wing flow, that is, the contour lines run chordwise, and still further
inboard the contours are spanwise since they are influenced by flow originating
at the hinge line, as would be the case for separated flow. The inboard end of
the elevon is relatively cool and reflects the effects of increased boundary-
layer thickness due to high local Reynolds number from the inboard wing flow.
The 12° deflected elevon on the left wing (top of figure) indicates that phe-
nomena at the hinge line, possibly separation, dominate the elevon local flow
field with an overlay of effects due to the tip fin and expansion into the
exhaust region. There are no oil-flow data for o = 0.6° corresponding to
figure 11(a).

Figure 11(b) at o = 6.2° shows less effect from the hinge-line flow than
at o = 0.6° for both the 6° and 120 deflected elevons. The elevon flow field
appears to be influenced primarily by the wing flow field. Figure 10(a) is a
picture of the oil flow for a = 6.2° and substantiates the existence of the



tip-fin interference. Also, no separated region can be seen in the viecinity
of the elevon hinge lines.

Figures 11(c) and 10(b) present heating and oil-flow data for a = 11.9°
and show no detectable separation at the hinge line. For the 6° deflection,
this allows the heating contours to transfer from the wing to the elevon with
a jump at the hinge line, except near the tip fin. The 12° elevon also shows
a more regular flow field with heating contours aligned more with the wing flow
field than with the hinge line.

At o = 17.69 (fig. 11(d)), the elevon heating again changes character
and exhibits contours aligned more with the hinge line than with wing contour
lines. O0il flow for this case (fig. 10(c)) does not provide any additional
information to explain this change. (Note the missing tip fin adjacent to the
129 elevon.) An increase in angle of attack to 24° (fig. 11(e)) now shows pat-
terns strongly influenced by the hinge line. There is no oil flow for this
angle of attack. Note that the elevon heating is now the most severe on the
vehicle.

Fuselage Side

Heating at a nominal Ry of 15 x 100 and angles of attack of 0.69, 6.29,
and 11.99 on the fuselage side is shown in figure 12 primarily to show the
interference heating on the fuselage side from the strake-wing juncture and the
wing. Figure 12(a) shows heating at the strake-fuselage juncture, the areas of
highest heating occurring just forward and just aft of the strake-wing juncture.
The heating on the fuselage at the wing-strake Jjuncture is low and is difficult-
to interpret since there are no oil-flow data for o m 0.6°. However, for
o = 6.20 (fig. 12(b)), there is an accompanying oil-flow picture (fig. 13(a))
which indicates flow separation at the strake-fuselage and the wing-fuselage
junctures. However, this separation is small, or nonexistent, at the wing-
strake-fuselage juncture.

As o increases to 11.9° (fig. 12(e¢)), the effect at the wing-strake
juncture disappears and the fuselage heating mechanism becomes a fully developed
vortex as shown by the appropriate oil-flow patterns (fig. 13(b)). The lower
length Reynolds number (R, @ 5 X 106) produces quite different results and
shows patterns emanating from the strake vertex but little effect from the
rest of the strake or wing (fig. 14). As o increases, lesgs of the fuselage
is affected. There are no oil-flow pictures at Ry = Y4 x 106.

ANALYSIS OF RESULTS

Several regions of the vehicle were chosen for analysis to represent siz-
able portions of the thermal protection system. The forebody center line is
representative of the windward fuselage, and the line normal to the wing lead-
ing edge is representative of the windward wing surface. Windward surfaces
were analyzed as a function of angle of attack at the maximum Reynolds number
capability of the facility, since windward thermal protection systems may be
designed by high-angle-of-attack requirements. The aircraft lee-side analysis



was conducted spanwise along the x/1 = 0.8 station to represent the bulk heat-
ing of the wing and fuselage top. Of particular concern in this case was the
extrapolation of the wind-tunnel heating results to the higher Reynolds number
in flight. Thus, this investigation was conducted at constant angle of attack
and as a function of Reynolds number. Laminar theories were calculated by
Monaghan's T-prime method (ref. 11) and turbulent theory by the Spalding-Chi
method modified for heat transfer as in reference 12. Boundary-layer edge con-
ditions were calculated by using the tangent cone assumption for the fuselage
and tangent wedge for the wings and the computer code described in reference 13.

Forebody Lower Center Line

Figure 15 presents data, data fairing, and theory for a model length Rey-
nolds number of approximately 15 x 106 and at angles of attack of 0.6°, 6.20,
11.99, 17.6°, and 2409, Figure 15(a) shows the results of four separate tunnel
runs at the lower angle. The location of the end of transition is seen to vary
from x/1 = 0.16 to x/t = 0.26 and there is scatter in the heating level
from run to run. The variation in transition location is at least partially
due to the different surface textures of the phase-change paints (ref. 14);
whereas the scatter in heating level is a function of transition location,
dimensional accuracy of the models, repeatability of angle of attack, and tun-
nel conditions, as well as the inaccuracies inherent in the phase-change tech-
nique as discussed in reference 8. To facilitate discussion of trends and to
simplify subsequent presentation of these data as a function of angle of attack,
the data are approximated by a fairing line. The turbulent strip theory pre-
sented for comparison was calculated assuming a virtual origin to exist at
x/1 = 0.2. Also, turbulent theory is presented using Reynolds number based on
body width. Reynolds number based on body width is equivalent in concept to
basing the Reynolds number on cylinder diameter in swept cylinder theory as
applied to forebody heating in reference 15. 1In this case, however, the equiv-
alent sweep angle is out of the range of applicability of the theory used in
reference 15 and the turbulent strip theory for conical flow is used instead

(ref. 12).

Figures 15(b), 15(e), 15(d), and 15(e) are treated in a manner similar to
figure 15(a). Figure 15(b) exhibits less scatter in heating level for the four
runs at 6.29 deflection angle and shows a divergence between data and theory
based on length Reynolds number as x/1 increases. At x/1 > 0.4, when the
flow is fully turbulent, the theory gives better agreement when based on body
width than when based on length from transition location. Figure 15(c) has
data scatter and the data and theory show reasonable agreement within the lim-
its of the scatter. Figure 15(d) shows more variation in transition location
than the lower angles of attack as well as divergence between the data line and
theory based on Ry. Theory based on Ry, underpredicts the data but exhibits
a similar trend. Figure 15(e) has much the same character as figure 15(d) with
variation in transition location but more confidence in data level. Figure 16
is a summary plot of figures 15(a) to 15(e) comparing the data fairing line with
the turbulent theory based on Ry and theory based on Ry for the body width
at a constant longitudinal station x/1 = 0.5. Heating level is presented as a
function of vehicle angle of attack plus local deflection angle. The turbulent
theory based on Ry is shown to consistently underpredict the data at all flow
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deflection angles but gives good agreement in trend up to a + 8§ = 189, Theory
based on Ry, gives better overall agreement with the heating level but still
does not match either the trend or the level at a + 6§ > 18°. Reference 16
presents center-line heating data (fig. 52-9 in ref. 16) on a 75° swept delta
wing at M = 9.6 which shows good agreement with laminar strip theory up to the
flow-deflection angle approaching 20°. The slope of the data first increases
and then resumes its original trend as the flow angle reaches 30°, much as the
data fairing line of figure 16. The data of reference 16 are predicted reason-
ably well by streamline divergence theory at deflection angles of 30°, and
cross-flow theory as deflection angles approach 60°. Thus, it would appear
that theory based on width Reynolds number Ry, is appropriate for this nar-
row, slightly (spanwise) convex, highly swept forebody (fig. 2), until the
surface inclination to the flow (o + §) approaches 18°. At greater angles,
account must be taken of the additional boundary-layer thinning due to three-
dimensional effects such as streamline divergence.

Wing Bottom

In order to compare data and theory on the wing bottom, a line normal to
the wing leading edge and emanating from the intersection of the wing leading
edge and the x/1 = 0.8 station was chosen for analysis. This location is
between wing-body junction and tip-fin disturbances and should be representa-
tive of the nominal delta-wing heating. In a manner similar to the forebody
analysis, dimensionless heating rate is presented as a function of distance
from the leading edge, followed by a summary plot of heating as a function of
angle of attack.

Figure 17(a) presents data at o = 0.6 from four tunnel runs, laminar
theory, and turbulent theory based on a virtual origin location at N/c, of
0.1. Additionally, the turbulent data are represented by a data fairing for
use in the summary plot. For this low angle of attack, there is data scatter
from run to run and transition location is nebulous. In the laminar region,
turbulent values of the ratio of adiabatic to total temperature were used in
the data reduction which will raise the value of the heat-transfer coefficient
above the true laminar level on the order of 30 percent. Nevertheless, the
laminar theory is still shown for reference purposes. The turbulent theory
predicts the data trend and is in reasonable agreement with the data level.

As the angle of attack increases to 6.2°9, in figure 17(b), the transition loca-
tion becomes better defined and the data scatter decreases. Turbulent theory
is seen to predict the trend and somewhat underpredict the level of the data,
based on a virtual origin location at N/c, = 0.037.

A further increase to an angle of attack of 11.99 (fig. 17(ec)) results

in data which show no discernible peak heating at the end of transition, and
thus indicate that transition is very near the leading edge. The usual data
scatter from run to run has decreased, and possibly indicates a boundary-layer
disturbance more severe than the normal mechanisms which influence transition
location. The turbulent theory based on distance from the leading edge gives
reasonable agreement with the data level, but provides a less satisfactory pre-
diction of the trend than was the case at the lower angles of attack. The data
are seen to be above the turbulent theory line at small values of N/c,, and as
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the leading edge is approached, the disparity increases. The data point nearest
the leading edge, N/c, = 0.003, is near the region of intersecting laminar and
turbulent theory, or N/c,. = 0.002. The local Reynolds number at N/c¢, = 0.003

has a value of 0.034 x 106 which is much less than normally expected for tran-
sition. A possible explanation for this early transition is boundary-layer
contamination from the strake upstream of the delta wing (fig. 2).

Only two runs were available to provide data for the o = 17.6° case
shown in figure 17(d), but the trend of data is similar to that of figure 17(c)
and the turbulent theory now markedly underpredicts the data level. This trend
might be expected as the angle of attack increases and the character of the
flow tends to become three dimensional (ref. 16). Note once again the flow is
turbulent very close to the leading edge. Figure 17(e) at an angle of attack
of 240 also shows turbulent flow close to the leading edge. Turbulent theory
predicts the trend but underpredicts the heating level. The bump in the data
in the region 0.12 < N/c¢p < 0.18 1is suspected to be heating caused by inter-
ference emanating from the upstream strake. This region is evident in fig-
ure 8(e) as the area enclosed by contour line number 5 on the wing bottom.

The wing-bottom data are summarized in figure 18 by presenting heating as
a function of angle of attack at N/c, = 0.12. At angles of attack of 12° and
below, the theory predicts the trend and somewhat underpredicts the data. At
angles of attack greater than 129, the prediction of the trend is poor and the
theory increasingly underpredicts the data with increasing angle of attack.
This is an expected result since as the angle of attack increases, three-
dimensional effects become more prominent. The data curve has points of
inflection and is similar to the fuselage data of figure 16 as well as the
data of reference 16 which were discussed earlier.

Fuselage and Wing Lee Side

Figure 19 presents spanwise heat-transfer coefficient ratio data at a lon-
gitudinal station x/1 = 0.8 for a nominal angle of attack of 11.9°. The data
are presented as a function of S/D with the lee-side center line serving as
the zero point on the figure and S/D = 1.55 representing the wing leading
edge. The fuselage-wing junction at x/t = 0.8 is at S/D = 0.74. Both right
and left sides of the model are presented in the figures. Since the wing-top
leading-edge cross section is a circular arc becoming tangent to a flat top,
the heat-transfer coefficient is seen to decrease rapidly with increasing dis-
tance from the leading edge (decreasing values of S/D), that is, the normal
rapid decrease expected near a leading edge is further enhanced by a rapid
decrease in flow-deflection angle. The data are compared with turbulent
theory, and as the flow begins to expand, local flow properties are calculated
by assuming a Prandtl-Meyer expansion until the pressure coefficient decreases
to the -1/M2 value (p/p, = 0.3), which is recommended as a limit value in
reference 17. At this point the flow on the wing is assumed to expand no fur-
ther and the change in the heat-transfer coefficient becomes a function of
length Reynolds number only. The theory is calculated in the same manner for
the fuselage top (S/D < 0.74) but Ry is a constant and h/hg becomes con-
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stant when C becomes equal to -1/M2. An additional calculation at Cp =0
(p/py = 1) is shown for reference purposes.

From figure 7, it may be seen that the lee-side heat-transfer patterns are
complex and change with Reynolds number. In order to investigate the changes
with Reynolds number, figure 19 presents data and theory comparison over a 5
to 1 range in Reynolds number at an angle of attack of 109, which is estimated
to be a typical flight angle of attack for this vehicle. The changes in pattern
make direct comparison of the results difficult; therefore, the heat-transfer
coefficient over the fuselage (S/D < 0.T4) was integrated to remove the effects
of pattern and indicate the area-averaged level. These average heating rates
are presented in figure 20 as a function of Reynolds number with the Prandtl-
Meyer expansion plus Cp = -1/M2 1imit and Cy = 0 1limit included for com-
parison purposes. Note that the results fall between the C, m 0 and the
Prandtl-Meyer expansion with Cp = ~1/M2 1imits and are bes predicted by the
Prandt1-Meyer expansion with Cp = -1/M2 1limit.

CONCLUSIONS

Examination of a complete research airplane configuration with the phase-
change-paint technique has shown the heating patterns to be very complex. Spe-
cific conclusions are as follows:

(1) At values of angle of attack plus local flow-deflection angle less
than 189, turbulent theory adjusted for transition location and using tangent
cone local conditions gave reasonable agreement with the windward fuselage
center-line heat-transfer coefficient data fairings. At values greater than
189, these simple theories become inadequate.

(2) At angles of attack less than 129, turbulent theory adjusted for
transition location and using tangent wedge local conditions gave reasonable
agreement with the windward surface data fairings at a turbulent, undisturbed
location on the wing.

(3) Transition Reynolds numbers recorded on the wing bottom, at angles of
attack of 11.9° and greater, are much lower than normally expected and have a
value no higher than 34 000 based on length normal to the leading edge and
tangent wedge edge conditions.

(4) The lee-side area-averaged heat-transfer coefficient across the fuse-
lage (at the station investigated) is bracketed by turbulent theory based on
an expansion limited to free-stream pressure, pressure coefficient C equal
to zero, and expansion limited to a pressure coefficient equal to -1/M2,

The data level is better predicted by a Prandtl-Meyer expansion where the
pressure is allowed to drop no lower than Cp = -1/M2.

Langley Research Center

National Aeronautics and Space Administration
Hampton, VA 23665

January 24, 1978
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Figure

1.- Photograph of research airplane concept with scramjet engine

L-72—91#2
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Airfoil section at wing tip
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(a) Three-view drawing of model.

Figure 2.- Model details. All dimensions have been normalized by body length (1 = 50.8 cm).
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Reference Y

sections

deflections, & o

Right wing

/

chord — \""| _—T—F Fixed elevon
\t‘\
— ]

Left wing

Forebody
compression j\“_ v
angle, 6 A T

60
4.2°

(b) Sketch showing wing reference chord, fixed elevon deflections, sweep angles,
forebody compression angles, and forward delta or strake incidence.

Figure 2.- Concluded.
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Figure 3.- Selected frames from motion-picture film for one run showing
paint melt-line progression with time. View is from top.
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CONTOUR
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Figure 4.- Contour-line drawing of model lee side at R,

HS= 1,24031E+03 WATTS/METER(SQ)-DEG-K

H/HS
2417310€-01
1e37439€E-01
7.93504€E~-02
6.87195E-02

(a)

9.33950€-01
9.33950E-01
9,33950€E-01
9.33950E~01

Tpc = 339 K.

15 x 100,
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HS= 1.23166E403 NATTS/HETER(SQ)*DEG-K.

CONTOUR H/ES TAW/ TG

1 7.38633E-02 9,3670LE-01
2 5.22293E-02 9,36700E-01
3 3.19838E-0C2 9.36700E-01
& 2.33576F-02 9.36700E-01

(o) a = 11.99; Tpe = 313 K.

Figure 4.- Concluded.
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(a) o = 6,20,

Figure 5.- 0il-flow photographs of model lee side.

L=78-7
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(b) a = 11.99,

Figure 5.- Concluded.

Missing tip fin
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HS= 6496663E+02 WATTS/METER(SQ)-DEG-K

CONTOUR
1

NOoOnEsEWwN

H/HS TAW/TO

S

5
2.32867€-01 9.33160€-01 \5‘—"—;_"‘_9
1,64662E-01 9.33160€-01 1(2F3
1.16634E-01 9.33160E-01
8.23310E-02 9.33160€-01
S.48873E-02 9.33160E-01
4.85562E-02 9.33160€E-01
4.25155E-02 9.33160E-01

(a) o = 0.60; Tpc = 313 K.

i - 6
Figure 6.~ Contour-line drawing of model lee side at Ry = 4 x 10°.
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HS= 7.00493E+02 WATTS/METER(SQ)-DEG~K

CONTOUR

N & W=

H/HS
Lo 39244E~-02
2.770802E-02
2.26825€-02
1.96436E-02
1.756938E-02

TAW/TO
9.36080E-01
9.36080E-01
9.36080E-01
9.360680E-01
9.36080E-01

(b) @ = 11.99; Tpe = 313 K.

Figure 6.- Continued.
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HS= 6498127E+02 WATTS/METER(SQ)~DEG=K

CONTOUR

[N N

HZHS
3452420E-02
2472983E-02
2422890E-02
2.,00701E-02
1.81989E-02

(e)

TAW/TO
9.40830€E-01
9.,40830E-01
9.40830E-01
9.40830E-01
9.40830£-01

o = 240, Tpc = 313 K.

Figure 6.- Concluded.
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CONTOUR
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HS= 7.00493E+02 WATTS/METER(SQ)-DEG-K

H/HS
be39244E-02
2.77002E-G2
2.26825E-02
1.96436E-02
1.75698E-02

Figure 7.- Contour-line drawing of model lee side at a

TAR/TO

9,36080E-01
9.36080E-01
9.36080E-01
9.36080E-01
9.36C80E-01

(a) Ry

4.7 x 106;

Tpc = 313 Ko
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HS= 7.75288E+02 WATTS/METER(SQ)}-DEG-K

CONTOUR
1

2
3
4

H/HS
8.91016€-02
3.29029E-02
24440156-02
1.99237E-02

TAW/TO
9+30000€E-01
9.30000E-01
9.30000E-01
9.30000E-01

(b) Ry = 5.3 x 100; Ty, = 313 k.

Figure 7.- Continued.
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HS= 9.50001E+402 WATTS/METER(SQ)}~DEG=K

CONTOQUR H/HS TAR/TO

1 1.02666E-01 9.30000E-01
2 3.97622E-02 9.30000€-01
3 2.51478E-02 9.30000E-01
4 1.77822€-02 9.30000E-01

(¢) Ry = 7.9 x 108; Tp, = 313 K.

Figure 7.~ Continued.
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HS= 9.50001E+02 WATTS/HETER(SQ)=DEG-K

CONTOUR
1

2
3
b

H/HS
6.49315E-02
3.24657E-02
20 34505€-102
1.77822E-02

TAaW/T0

9,30000E-01
9.30000€E-01
9.30000E-01
9.30000E-01

(d) Ry = 13.6 x 106; Ty, = 313 K.

Figure 7.- Continued.

b = 12°
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HS= 1.23166E+03 WATTS/METER(SQ)-0EG-K

CONTOUR H/HS TAR/TO —
1 7.38633E-02 9.36700E-01
2 5422293€E-02 9.36700E-01
3 3.19838€E-02 9.36700€E-01
b 2433576E-02 9.,36700E-01

(e) Ry = 15.6 x 100; T, = 313 k.

Figure 7.- Concluded.
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HS= 1.25833E403 MATTS/METER(SQ)~DEG-K

CONTOUR H/HS TAW/TO
1 3.62715€-01 9431720E-01
2 2¢56478E-01 9.31720E-01
3 2,18726E-01 9.31720€~01
L3 1.87305€~01 9.31720E-0¢
5 1.66425E-01 94 31720E-01
6 1.45086E-03 9.31720E-01
7 1.356411€-01 9.31720€-01¢

(a) a = 0.69; Tpe = 381 K.

Figure 8.~ Contour-line drawings of model windward side at Ry = 15 x 106,
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HS= 1,25712E+03 NATTS/HETER(SQ)~DEG=K

CONTOUR

GNOVE W

H/HS
44668608E-01
3+52919E-01
3404554E~04
246954 7E-01
2429177€-04
2.068790€-01
1.86747E~0L
1.47637€~08

TAN/TO
9.33650E-01
9+33650E-01
9¢33650E-01
9433650€-04
9. 33650E~01
9.33650E~04
9.33650E-01
9.33650E-01

(b)

@ = 6.20; T,, = 394 K,

Figure 8.- Continued.
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HS= 1.25513€+03 WATTS/METER(SQ}~DEG-K

CONTOUR

COBINOAS W

-

H/HS
7.92157E-0¢
5.60139E-0¢
3.96078F-01
3.23397€-01
2.80C70E-01
2461166E=-01
2.28676E-01
1.96039€~01
1.68888€E-01
1.40035€-01

TAH/TC

9.35740£~-01
9.35740€-01
9.35740E-01
9.35740E-01
9+35740E-01
9.35740E~-01
9.35740E-01
9.35740E-01
9e35740E=-01
9.35740E-01

a = 11.9% Ty, = 367 K.

Figure 8.~ Continued.
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32)

HS= 1.23532E+03 HA?TSIHETER(SQ!-UEG-K

CONTOUR

Oﬂﬂ‘\ﬂ"ﬂN»

H/HS
1.49253€E+00
3.61710€-01
6.67478E-01
6.03321E-01
Se64122E-01
4.71978E~01
3.51792E-01
3.33739E~01

TAW/TO
9.40100€E~01
9.40100E~01
9,40100€~01
9.40100E-01
q,40100€-01
9.40100E-01
9,40100E-01
9.40100€-01

(d) & = 17.6%; Tpe = 394 K.

Figure 8.- Continued.
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HS= 1.26091€403 WATTS/HETER{SQ) -DEG-K

CORTOUR

onsFune

H/HS
1.83222E+00
9.79362E-01
8.19393E-01
65+90053E-0L
6.28446E-01
5.79398E-01

TAW/TO
9.41610€~08
9.41610E-01
9.41640E~01
9.41610E-01
9.41610E-04
9,41610E-01

(e)

a = 2”0; Tpc = ,450 K.

Figure 8.- Concluded.
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HS= 7402%68E+02 WATTS/METER(SQI-DEG~K

CONTOUR H/HS TAW/TQ
1 1.30544E-01 9.33520E-01
2 1.03204E-01 9.33520E-01
3 8+42656E-02 9.33520€-01
4 7.07972€-02 9.33520E~01
5 6+08663E-02 9.33520€E-01

. . _ 6
Figure 9.- Contour-line drawings of model windward side at R; = 5 x 10°.

(a) o

Tpe = 313 K.
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HS= 6.92451E+02 WATTS/METER(SQ)-DEG-K

CONTOUR

AN VS WN -

H/HS
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1.28017€-01
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a = 11.9

Figure 9.- Continued.

Tpc = 325 K.



HS= 6.83974E+02 WATTS/METER(SQ)=-DEG-K \\\ ~4

\2\\\ N
~> N 1

CONTOUR H/HS TAW/TC NN —4— )

1 1.02276E400 9.L2000E-01 < J 4”2

2 4,94038E-01 9.42000E-01 —_——— Qe

3 3.82680E-01 9,42000E-01

b Je23424E-01 9.42000E-01

5 2.70596€-01 9.42000E-01

6 2.20940E-01 9.42000€-01

7 1.91340€E-01 9.,42000E-01

() o =20 Th, = 339 K.

Figure 9.- Concluded.
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(a) a = 6.20,

Figure 10.- 0il-flow photographs of model windward side.
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(b) o = 11.90,

Figure 10.- Continued.
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0 = 17.60,

(e)

Figure 10.- Concluded.
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HS= 1.25588E+¢03 WATTS/METER{SQ)-0EC-K

H/HS
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2472302E~-G1
1.98861€~-01
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9.32596E~-31
9.32590E-01
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9.32590€~901

(a)

a = 0.69;

Tpc = 367 K.

Figure 11.- Contour-line drawings of model windward side with 6° and 12° positively deflected elevons.
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HS= 1.25712E+03 WATTS/HETER(SQ)=-DEG~-K

H/HS
4e66868E-C1
3.52919E-01
3.04551€6-01
2.6954L7€E-01
2429177€-01
2.C8790E~01
1.86747E-02
1.47637€-01

TAW/TO
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9.33650£-01
9.33650E-01
9.33650E-01
9.33650E-01
9.33650E~01
9.33650E~-01
9.33650€E-01

Figure 11.- Continued.
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HS= 1,25513E+03 WATTS/METER{SQ) ~DEG-K

CONTOUR H/HS TAK/TO
1 7492157601 9435740E-01
2 $+60139E-01 9.35740E~-01
3 3.96078E~01 9.35740E~-01
4 3.23397E-04 93574 CE- 01
5 2.8007CE-01 93574 0E~-61
6 2.61166E-01 9.3574LE-01
? 2.28676E-01 9+35740E-01
] 1.98039E-01 9.35740€-01
9 1.68888E-01 9435740E-01
10 1.40035€-01 9435740€-01

(¢) a = 11.99; Tpc = 367 K.

Figure 11.- Continued.
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HS= 1.26062E+03 WATTS/METER(SQ)~DEG~K

CONTOUR H/HS TAW/TOD
1 1.12959E+0¢0 9.38200E-01
2 7.98742€-01 9.3820C0E-01
3 7.00543E-C1 9.38200€£-01
4 5495347€~01 9.38200€~-01
S 5.05169E-01 9.38200E-01

(d)

a = 17.69; Tpe = 450 K.

Figure 11.- Continued.
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HS= 1.,25663E+03 WATTS/METER(SQ)~DEG~K

H/HS
1.20215E+00
8.96028E-01
7e24922E-04

TAH/TE
9.41650E~01
9.41650E-01
9.41650€E-01

(e)

o = 2405 Ty, = 46k K.

Figure 11.- Concluded.
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Wing-strake juncture

HS= 1.21725E4¢03 WATTS/METER(SQI-DEG-K

CONTOUR H/HS TARW/TO
1 6.77505€6~01 9.30000€-01
2 2.14246E-01 9.30000E-01
3 1.51495E-01 9.300C0E-01

(a) o =0.6% Tpe = 325 K.

Figure 12.- Contour-line drawings of model side at

R, = 15 x 100,
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HS= 1.24031€+483 WATTS/METER(SQ)-DEG~K

CONTOUR
1

2
3
4

H/HS
1.97423€-01
1.39599€-01
8.82960€-02
6+97994E-02

\— Wing-strake juncture

TAW/TO
9.30000E-041
9.30000E-01
9.30000E-01
9.30000E-01

() a = 6.20; Ty, = 339 K.

Figure 12.- Continued.
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HS= 1.23166E+03 WATTS/METER(SQ)-DEG-K

CONTOUR
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H/HS
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3.17212€E-02
2.38789€-C2
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9.30000E-01
9.30000€E-01
9.30000€-01

Figure 12.- Concluded.
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<9

1.0+
Data fairing
Turbulent theory, virtual origin at N/c, = 0.1
— - —-— Laminar theory
|8"
Data  Tpe» K
Run1 O 367
h/ hS 6
O
|q -
&
12 }— @
JAWN O
N a4 o® & K«
‘--~Ey§____s? \\\€3C3[]——._ .::::uiit:‘—“
| ———-[—— ] 1 | 4
0 .04 .08 12 .16 .20 24
N/(:r
(a) o = 0.69,

Figure 17.- Heat-transfer coefficient as a function of distance normal
to wing leading edge. R, = 15 x 106,



h/ hS

€9

Lol
‘ —————— Data fairing
| — — — Turbulent theory, virtual origin at N/c, = 0.037
| —__——__ Laminar theory
8‘...
'° , K
Data TDC
Run1O 381
. 200 394
61 30 408
| 44 408
‘ X _
qg g =08
oo N, = 0.2—"7
I IN
I god@ l
21, O
\ N ©
\\‘ —— —— —_—
S~
| { | | | |
0 04 .08 12 .16 .20 24
N/c,
(b) a = 6.20,

Figure 17.- Continued.



9

h/ hs

llo

Data fairing
Turbulent theory, virtual origin at N/c, = 0
— -—-—Laminar theory

| L | | | 1
.04 .08 12 .16 .20 24
N/cr

(e) o = 11.90,

Figure 17.- Continued.




59

1.2~

b — Data fairing
( — —— ~ Turbulent theory, virtual origin at N/c, =0
- T Laminar theory
1.0}
O
80
h/ h - o
s e
|6 3\_ O
i ~__0©
AN
~
—\\ ~ ~ —
2+ \\
N
\\\‘
| ] { | | 1
0 04 08 12 .16 20 24
N/c,
(d) a = 17.6°,

Figure 17.- Continued.



99

1.2

1.0

h/ h

0
D

—————  Data fairing
— — — Turbulent theory, virtual origin at N/c, =0
— -—-— Laminar theory

Data Tpc . K
Run 10O 408
20 450
30 450

| | | | I 3
04 .08 12 .16 20 24
N/cy
(e) o = 240,

Figure 17.- Concluded.



L9

1.0
Data fairing
— — — Turbulent theory

h/ h e

1 i | |
0 4 3 12 16 20 24

Angle of attack, deg

Figure 18.- Summary of wing windward surface heat-transfer coefficient as a function of
angle of attack at a constant value of N/c, = 0.12. Ry = 15 x 100,



89

.10 O

1.6

Data
———— Data fairing
— — — — Turbulent theory
.08 I
I
l
.06 | /
h/hS
04
02 +
C = ;j;.dfz—_‘ '_ﬂ_ﬁ,. . .
Left wing ~=— - M2 ‘ Right wing
! | ] | | | |
01.6 1.2 8 A 0 A 8 1.2
S/D

(a) Ry = 4.34 x 106,

Figure 19.- Spanwise heating distribution on model lee side at o = 11.9°., x/1 = 0.8.



69

h/hS

10 ~ O Data
! ————— Data fairing
— — — — Turbulent theory 7)

06 - |
| |
04 L
02 -
: -1 . :
Left wing =— €, = 2 ~ | —=Right wing
] I ] 1 | __| L ]
01(6 1.2 8 yn 0 A 8 1,2

S/D
(b) Ry = 4.93 x 106,

Figure 19.- Continued.

1.6



oL

h/ h

12
101
O Data (P
Data fairing
— — — — Turbulent theory
.08
|06—
|0Ll_
|02_
| e/
Left wing —<—| Cp = — }’_" Right wing
0 | | { M l | .l | 4
1.6 1.2 .8 A 0 A 8 1.2 1.6
S/D

Figure 19.- Continued.



il

O Data

107 Data fairing j
— — — — Turbulent theory |
08~
06F
h/ hS
Ol
02k ,
-
Left wing —=— Cp - W | |—= Right wing

i I | | i | |

01.6 1.2 .8 A 0 A 8 1.2 1.6

(d) Ry = 12.66 x 106,

Figure 19.- Continued.



2l

h/ h,

08}

Left wing ——| sz W:
l |

O Data
Data fairing

— — —— Turbulent theory

e Right wing

|

ll2

I8

S/D
(e) Ry = 14.37 x 106,

Figure 19.- Concluded.

1.2

1.6



€L

0 O Averaged data e ——
~ —— — Turbulent theory o —
| <
/
o - Y
: - D,
//,//
A/ h O
3 | O
o__ — — \ c o1
| p, limit M2
0L
0 | | ] | | i |
) I 6 8 10 12 14 16 x 100

Figure 20.- Summary of model lee-side heating; average heat-transfer coefficient as
a function of model length Reynolds number. o = 11.99; x/1 = 0.8.



-

. Report No. 2. Government Accession No. 3. Recipient’s Catalog No.

NASA TP-1143

Title and Subtitle 5. Report Date

CONFIGURATION HEATING FOR A HYPERSONIC RESEARCH AIR- May 1978
PLANE CONCEPT HAVING A 70° SWEPT DOUBLE-DELTA WING 5 P - —
. Performing Organization Code
7. Author(s) 8. Performing Organization Report No.
Pierce L. Lawing L-11841
_ 10. Work Unit No.
9. Performing Organization Name and Address 505-11-31=-02
NASA Langley Research Center ]
Hampton, VA 23665 11. Contract or Grant No.

13. Type of Report and Period Covered

12

Sponsoring Agency Name and Address Technical Paper

National Aeronautics and Space Administration
Washington, DC 20546 14. Sponsoring Agency Code

. Supplementary Notes

16.

Abstract

The heating on a candidate hypersonic research airplane configuration has been
examined experimentally at Mach 6 by the phase-change-paint technique. The config-
uration has a double-delta wing with tip fins. Phase-change-paint diagrams give
heating data for the model top, side, and bottom, with and without deflected ele-
vons for an angle-of-attack range of 0° to 240, Nominal Reynolds numbers are on
the order of 15 x 106 with supplementary data at length Reynolds number of 4 x 109,
which moves the model from the predominantly turbulent into the predominantly lami-
nar regime. Also, intermediate Reynolds numbers were investigated on the lee side

for one angle of attack.

The approximately 25 phase-change-paint diagrams providing heat-transfer coef-
ficient data are supplemented by limited oil-flow data. The data are compared
with theory on the forebody center line and normal to the wing leading edge on the
windward side at each angle of attack. The wing and fuselage lee-side data are
examined as a function of Reynolds number on a transverse line at 0.8 body length.
The data show reasonable agreement with simple theories, and very early transition
locations on the wing. Average heating on the lee side is somewhat higher than
expected from expanding the flow to a pressure coefficient of -1/M2 (where M
denotes Mach number) but much lower than expanding the flow to a pressure coeffi-
cient of 0.

17.

Key Words {Suggested by Authoris)i ‘ ) ‘ 18. Distribution Sta}ement o
Configuration heating Transition Unclassified - Unlimited
Hypersonic vehicles Heat transfer

Turbulent heating
Research aircraft
Subject Category 34

19.

Security Classif. (of this report} 20. Security Classif. {of this page) '

21. No. of Pages | 22, Price®
e $5.25

Unclassified _ Unclassified

* For sale by the National Technical Information Service, Springfield, Virginia 22161

NASA-Langley, 1978




National Aeronautics and - THIRD-CLASS BULK RATE

Space Administration

Washington, D.C.
20546

‘ Official Business
. Penalty for Private Use, $300

9 1 10,0,
Y DEPT OF THE AIR FORCE
\ AF WEAPONS LABORATORY

ATTN: TECHNICAL LIBRARY (SU
{ L
KIRTLAND AFB WM 87117 ( )

Postage and Fees Paid
National Aeronautics and
Space Administration
NASA-451

042778 S00903DS r

f Undeliverable (Section 158

POSTMAS,T ER: - Postal Manual) Do Not Returi

e
- - \ = :
. N N =
& - b N -
f N~ ( - ~
N i \} - .
. / ; - -
. v i
\ T
: . A ;
- . :
~
~ e -
[4
1 " L -
; i y .
. .
'
AN B
/ { -
. | N
S
p . .
= 3
- -
, -
-
[ -
~ 7
- -
¢
N
~.
d .
-
i
\
E " r; -




