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SUMMARY 

This  report p r e s e n t s  a method f o r   r a p i d l y   e s t i m a t i n g   t h e   o v e r a l l   f o r c e s  
and moments a t  supercritical speeds, below  drag  divergence,  of t r anspor t   con -  
f i g u r a t i o n s   w i t h  supercrit ical  w i n g s .  The method is a lso  used for e s t i m a t i n g  
t h e   r o l l i n g  moments due  t o  the d e f l e c t i o n   o f  wing t r a i l i n g - e d g e   c o n t r o l s .   T h i s  
a n a l y s i s  is based on a vo r t ex - l a t t i ce   t echn ique   mod i f i ed  to approximate the 
e f f e c t s   o f  wing t h i c k n e s s  and  boundary-layer-induced  camber.  Comparisons 
between  the results of this method  and  experiment  indicate  reasonably  good 
c o r r e l a t i o n   o f  the l i f t ,   p i t c h i n g  moment, and r o l l i n g  moment.  The method 
r equ i r ed  much less s torage   and   run  time to compute so lu t ions   ove r   an   ang le -  
o f - a t t ack   r ange   t han   p re sen t ly   ava i l ab le   t r anson ic   non l inea r   me thods  require 
f o r  a s ing le   ang le -o f -a t t ack   so lu t ion .  

INTRODUCTION 

The development  of the NASA supercrit ical  a i r f o i l   h a s   l e d  to a i r c r a f t  con- 
f i g u r a t i o n s  wh ich   have   demons t r a t ed   s ign i f i can t   i nc reases   i n   d rag   d ive rgence  
Mach number. (See refs.  1 to  4 . )  A s  part of this deve lopmen t   e f fo r t ,  the 
results of   an  experimental   s tudy to de te rmine   t he  effects of wing t r a i l i n g - e d g e  
c o n t r o l - s u r f a c e   d e f l e c t i o n s   o n  the s ta t ic  t r a n s o n i c   a e r o d y n a m i c   c h a r a c t e r i s t i c s  
o f  a t r a n s p o r t   c o n f i g u r a t i o n   w i t h  a s u p e r c r i t i c a l  wing have  been reported i n  
reference 5. 

I n   r e c e n t   y e a r s   s e v e r a l   t h r e e - d i m e n s i o n a l   t r a n s o n i c   t h e o r i e s   h a v e   b e e n  
developed  such as t h e  methods due to  Boppe (ref.  6 ) ,  Bai ley  and  Bal lhaus 
(refs. 7 and 8 ) ,  and  Jameson (refs. 9 ,  1 0 ,  and 1 1 ) .  These  methods require 
large  amounts  of  computer  run time and  storage  compared w i t h  methods based  on 
l i n e a r   t h e o r y .   L i n e a r   t h e o r y ,  of cour se ,  w i l l  n o t   a c c o u n t   f o r  the  non l inea r  
c h a r a c t e r i s t i c s  of the   f low;   however ,   l inear   theory   can   f requent ly  be  used to 
estimate c e r t a i n   a e r o d y n a m i c   q u a n t i t i e s   i n  the t r a n s o n i c   r a n g e .   T h e r e f o r e ,   t h e  
p r e s e n t   s t u d y  was undertaken to de termine   whether   l inear   theory   could   be   used  
as a r a p i d  method of e s t i m a t i n g   o v e r a l l   f o r c e s   a n d  moments (as opposed to  
d e t a i l e d  pressure d i s t r i b u t i o n s )   o f   t r a n s p o r t   c o n f i g u r a t i o n s  a t  supercrit ical  
speeds.  The  method i n c l u d e s   a p p r o x i m a t e   c o r r e c t i o n s   f o r   t h e   e f f e c t s  of wing 
thickness   and  boundary-layer   displacement   thickness .  The a n a l y s i s   h a s   b e e n  
performed  on the t r a n s o n i c   t r a n s p o r t   c o n f i g u r a t i o n s   r e p o r t e d   i n   r e f e r e n c e  5 
u t i l i z i n g  the v o r t e x - l a t t i c e  method  of r e f e r e n c e  12.  I n   a d d i t i o n  to c a l c u l a t -  
i n g   l i f t  and   p i t ch ing -moment   cha rac t e r i s t i c s ,   c a l cu la t ions  were made t o  d e t e r -  
mine  whether  l inear  theory  could be used to estimate the rolling moments due 
to wing t r a i l i n g - e d g e   c o n t r o l   d e f l e c t i o n s .  Because t h e   e x p e r i m e n t a l   r o l l i n g -  
moment c h a r a c t e r i s t i c s   r e p o r t e d   i n   r e f e r e n c e  5 were ob ta ined  by d e f l e c t i n g   c o n -  
t rol  s u r f a c e s  on only   one   wing ,   the  theoretical method of r e f e r e n c e  12 was par- 
t i c u l a r l y  well s u i t e d   f o r   t h i s   s t u d y   s i n c e   c a l c u l a t i o n s  w i t h  this method may be 
per formed  on   conf igura t ions   which   have   an  asymmetric geometry. 



The method of reference 1 2  typically  requires 650008 storage  and 1 7  sec- 
onds  of execution  time on the  Control  Data  Corporation  Cyber 175 system  operat- 
ing  under NOS 1.1.  This  calculation  would  determine  the  force  and  moment 
characteristics  over  an  entire  angle-of-attack  range.  For  the  same  computer 
system,  the  method of reference 9 would  require  approximately 2400008 storage 
and on the  order of 90 minutes of computer  time  to  calculate  converged  pressure 
distributions for only one angle of attack. 

SYMBOLS 

The International  System of Units,  with the U.S. Customary  Units  presented 
in  parenthesis,  is  used  for  the  physical quantities  found in  this  paper. Cal- 
culations  were  made in  U.S. Customary  Units. The data  presented  in  this report 
are  referenced  to  the  stability-axis  system.  The  moment  reference  point  was 
taken  to  be  the  quarter  chord of the  mean  aerodynamic  chord of the  reference 
trapezoidal  wing  planform. 

b  wing  span, cm (in. ) 

CL lift  coefficient, Lift/q,S 

CL,o  lift  coefficient at zero  angle of attack 

AC 1 differential  rolling-moment  coefficient,  defined  to  be  the  rolling- 
moment  coefficient  for a negative  control  deflection  minus  the 
rolling-moment  coefficient  for  a  positive  control  deflection of 
same  magnitude for  same control 

c, 
Cm, o 

C 

- 
C 

P 

pitching-moment  coefficient,  Pitching  moment/qwSc 

pitching-moment  coefficient at  zero  lift 

pressure  coefficient on wing  lower  surface,  (p1 - p,)/q, 
pressure  coefficient  on wing  upper  surface,  (pu - p,)/q, 

= Cp,l - cp,u 
local  chord, cm (in. ) 

mean  aerodynamic  chord, cm (in.) 

ith  trailing-edge  control  surface  (see  fig. 1 )  

free-stream  Mach  number 

local  static  pressure,  Pa  (lbf/ft2) 

Pw free-stream  static  pressure,  Pa  (lbf/ft2) 
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free-stream dynamic  pressure,  Pa ( l b f / f t 2 )  

wing r e f e r e n c e  area of t rapezoida l   box   ex tended  to  c e n t e r   l i n e ,  
m2 ( f t 2 )  

local streamwise s u r f a c e   v e l o c i t y   t h a t   d i f f e r s  from Urn due to 
t h i c k n e s s  effects only,  m/sec ( f t / s e c )  

free-stream v e l o c i t y ,  m/sec (ft/sec) 

streamwise p e r t u r b a t i o n   v e l o c i t y   d u e  t o  t h i c k n e s s   o n l y  a t  i f h  
e l emen ta l   pane l ,  m/sec (ft/sec) 

local downwash v e l o c i t y  a t  i t h   e l e m e n t a l   p a n e l ,  m/sec ( f t / s e c )  

d i s t ance   f rom wing leading   edge   d iv ided   by  local chord 

dis tance  measured  spanwise from p l a n e  of symmetry, c m  ( i n . )  

a n g l e  of a t t ack ,  deg 

l o c a l   a n g l e  of attack of i t h   e l e m e n t a l   p a n e l ,  rad 

d e f l e c t i o n  of c o n t r o l   s u r f a c e  F i  ( p o s i t i v e  when t r a i l i n g   e d g e  
is down), deg 

boundary-layer   displacement   thickness ,  c m  ( i n . )  

= 2y/b 

sweep of wing quar te r   chord ,   deg  

S u b s c r i p t s :  

1 lower surface of wing 

U uppe r   su r f ace  of wing 

THEORETICAL METHOD 

Basic Approach 

Linear  theory  has  been  employed for t h e   a n a l y s i s  of t r a n s p o r t   c o n f i g u r a -  
t i o n s   w i t h   s u p e r c r i t i c a l   w i n g s   o p e r a t i n g  a t  t r a n s o n i c   c o n d i t i o n s .  The a n a l y s i s  
was accomplished  by  using  the  vortex-lat t ice   method to mode l   t he   con f igu ra t ions  
as p l a n a r   l i f t i n g  surfaces. The t y p i c a l  l a t t i ce  used for t h i s   a n a l y s i s  is shown 
i n   f i g u r e  1 .  
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Because t h e   e x p e r i m e n t a l   r o l l i n g  moments  were  achieved by the d e f l e c t i o n  
of t r a i l i n g - e d g e  control s u r f a c e s  on only  one  wing, the geometry  and flow f i e l d  
were asymmetric when t h e s e   c o n t r o l s  were d e f l e c t e d .   A c c o r d i n g l y ,   t h e   v o r t e x -  
l a t t i ce  m e t h o d  b r i e f l y   d e s c r i b e d   i n   r e f e r e n c e  1 2  was chosen   fo r  the p r e s e n t  
s t u d y   s i n c e   t h i s  m e t h o d  can   ana lyze  asymmetric geometr ies   and asymmetric flow 
f i e l d s .  

P r e l i m i n a r y   a n a l y s i s   i n d i c a t e d   t h a t   t h e   i n v i s c i d   t h i n - w i n g   t h e o r y  was su f -  
f i c i e n t  for the p r e d i c t i o n  of b o t h   t h e  slope of the l i f t   c u r v e   a n d  the slope of 
the   p i tch ing-moment   curve   over   the   angle-of -a t tack   range  of t h e   d a t a .  However, 
the t h e o r y   d i d   n o t  predict t h e   a c t u a l   v a l u e s  of the l i f t  and   p i t ch ing  moment. 
Because  of the l i n e a r   n a t u r e  of t h e   l i f t  and  pitching-moment  curves, it would, 
therefore, b e   s u f f i c i e n t  to o b t a i n  a more e x a c t   s o l u t i o n  a t  a n y   a n g l e   o f   a t t a c k ,  
such as  the z e r o  l i f t  a n g l e  or ,  s a y ,   t h e   a n g l e  for t h e   d e s i g n   l i f t .   F o r   t h e  
p r e s e n t   s t u d y ,  it was dec ided  to correct the   inv isc id   th in-wing   theory  a t  z e r o  
ang le   o f  at tack. I n  order to o b t a i n  a more e x a c t   s o l u t i o n ,   t h e   e f f e c t s   o f  wing 
thickness   and  boundary-layer- induced camber were  included  in  the c a l c u l a t i o n s .  
Details of these m o d i f i c a t i o n s  are g i v e n   i n   t h e   n e x t  t w o  s e c t i o n s .  

Thickness   Modi f ica t ion  

The   convent iona l   method  of   so lv ing   the   l inear   th ree-d imens iona l   th ickness  
problem  employs a d i s t r i b u t i o n  of sources ( r e f .  13, for   example) .  The e l emen ta l  
s o u r c e   s t r e n g t h s  are determined by m a t r i x   i n v e r s i o n   w i t h   t h e   a p p r o p r i a t e  bound- 
a r y   c o n d i t i o n s   b e i n g   a p p l i e d .  However, to avo id   ex tens ive   mod i f i ca t ion  to t h e  
vor tex- la t t ice   p rogram  chosen  for t h i s   a n a l y s i s  and to  b e   c o n s i s t e n t   w i t h   t h e  
o rde r  of accuracy of the   p re sen t   l i nea r   me thod ,   t he   t echn ique   p re sen ted   i n  
appendix A o f   r e f e r e n c e  14  was chosen to  a c c o u n t   f o r   t h e   e f f e c t s   o f  wing th i ck -  
n e s s .   T h i s   t e c h n i q u e   d i f f e r s  from convent ional   thickness   methods  because it 
accounts  for t h e   i n t e r a c t i o n  of t h e   t h i c k n e s s   a n d   t h e  camber and results i n  a 
mod i f i ca t ion  of t h e  camber d i s t r i b u t i o n .  A g e n e r a l   d i s c u s s i o n   o f   t h i s   i n t e r -  
a c t i o n  may be  found i n   r e f e r e n c e  15. To a i d   i n   i l l u s t r a t i n g   t h e   a p p l i c a t i o n  of 
t h i s   c o n c e p t  by t h e  method of r e f e r e n c e  1 4 ,  t he   bas i c   app roach  is  reviewed. 

I n   r e f e r e n c e  1 4 ,  Rowe, e t  a l . ,  s ta te  t h a t   t h e   l o c a l   p e r t u r b a t i o n   v e l o c i -  
ties due to wing thickness   can  be  accounted for i n   t h e   l i n e a r i z e d   b o u n d a r y  
cond i t ions .   In   do ing  so, t h e   f o l l o w i n g   f o r m u l a t i o n  is ob ta ined :  

W i  1 

where W i  r e p r e s e n t s  the l o c a l  downwash, a i  r e p r e s e n t s   t h e   l o c a l   a n g l e  of 
a t t ack ,   and  U l o c a l  is d e f i n e d  as b e i n g   t h e   l o c a l   s t e a d y   s t r e a m w i s e   v e l o c i t y  
t h a t   d i f f e r s   f r o m  U, due  t o  t h i c k n e s s  effects  only.   For  thin-wing  theory,  
U l o c a l  is i d e n t i c a l l y   e q u a l  to U,. However, a c c o u n t i n g   f o r   f i n i t e   t h i c k n e s s  
y i e l d s  
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where (ui/U,) r e p r e s e n t s   t h e   l o c a l  streamwise p e r t u r b a t i o n   v e l o c i t y   d u e  to 
thickness   only,   nondimensional ized by t h e  free-stream r e f e r e n c e   v e l o c i t y  U,. 
Values  of t h e   q u a n t i t y  1 + (ui/U,) may b e   o b t a i n e d   f r o m   e x p e r i m e n t a l   r e s u l t s  
or by  using  the  s t reamwise  component   of   two-dimensional   theoret ical   veloci ty  
d i s t r i b u t i o n s .   I n   t h e  case of t w o - d i m e n s i o n a l   t h e o r e t i c a l   s o l u t i o n s   f o r   t h e  
t h i c k n e s s   e f f e c t ,  some improvements  might  be  expected  if   simple sweep theory  
were used to compute the   t h i ckness - induced  flow ve loc i ty   no rma l  to, s a y ,   t h e  
leading  edge  and the r e s u l t s   t r a n s f o r m e d  to  the streamwise d i r e c t i o n .  However, 
r e f e r e n c e  14 d o e s   n o t   i n d i c a t e   t h e  use  of simple sweep   t heo ry   and ,   s ince   t he  
i n t e n t  of t h i s   m o d i f i c a t i o n  was to implement   and   eva lua te   the   s impl i f ied  
approach   sugges t ed   i n   r e f e rence  1 4 ,  simple sweep  theory  has  not  been  used. 

The q u a n t i t y  1 + (ui/u,) could  be  computed by t h e  u s e  of  any t w o -  
d imens iona l   so lu t ion   method.   For   the   p resent  s t u d y ,  t he   confo rma l   t r ans fo r -  
mation  method of Theodorsen (refs. 16 and 17) was c h o s e n   f o r   t h i s   c a l c u l a t i o n  
because  solut ions  can  be  quickly  obtained  and  the  method was f e l t  to be   cons i s -  
t en t   w i th   t he   o rde r   o f  accuracy of   the  basic   approach.  The c a l c u l a t i o n s  were 
made f o r   t h e  symmetrical t h i c k n e s s   d i s t r i b u t i o n  of t h e   s u p e r c r i t i c a l   a i r f o i l s  
modified by the Prand t l -Glaue r t   t r ans fo rma t ion  to a c c o u n t   f o r   s u b c r i t i c a l  com- 
p r e s s i b i l i t y   e f f e c t s .  The t h i c k n e s s   m o d i f i c a t i o n  was implemented by f i r s t  
e s t a b l i s h i n g   t h e   c h o r d w i s e   d i s t r i b u t i o n s   o f   t h e   m o d i f i c a t i o n   n e a r   t h e   t i p   a n d  
n e a r   t h e  root of t h e  wing and t h e n   l i n e a r l y   i n t e r p o l a t i n g   i n   t h e   s p a n w i s e  
d i r ec t ion1   a long   cons t an t   pe rcen t   cho rd   l i nes .  N o  t h i c k n e s s   c o r r e c t i o n s  were 
a p p l i e d   f o r   t h e   f u s e l a g e .  

Boundary-Layer  Modification 

The  boundary-layer  influence was accounted  for   on  the  wing by modifying 
the  local  a n g l e s   o f   a t t a c k  of t h e  mean camber surface to i n c l u d e  the  induced 
camber e f f e c t s  of the boundary-layer   displacement   thickness .  The a d d i t i o n a l  
t h i c k n e s s   e f f e c t s   d u e  to the boundary  layer  were n o t   i n c l u d e d   i n   t h e   a n a l y s i s .  
N o  boundary-layer effects were computed for t h e  f u s e l a g e .  

I n  order to estimate the  effects of the  boundary-layer   displacement   on  the 
l o n g i t u d i n a l   a e r o d y n a m i c   c h a r a c t e r i s t i c s ,  it was assumed t h a t   t h e   b o u n d a r y - l a y e r  
d i sp l acemen t   t h i ckness   cou ld   be   ca l cu la t ed  by use of a two-dimensional s t r i p  
a n a l y s i s .   I n i t i a l l y ,   c a l c u l a t i o n s  were made by u s i n g   t h e   l i n e a r   t h e o r y   o f   r e f -  
e r ence  19 which  assumes  that   the  f low is subson ic   and   t ha t   t he   boundary   l aye r  is 
- 

lFor  the NACA f o u r - d i g i t   f a m i l y   o f  wing s e c t i o n s ,   r e f e r e n c e  18 i n d i c a t e s  
t h a t   v a l u e s  of t h e  to ta l  s u r f a c e   v e l o c i t y   ( e x p r e s s e d  as a r a t i o  to t h e   f r e e  
stream) f o r   i n t e r m e d i a t e   t h i c k n e s s  ra t ios  may be   ob ta ined   approximate ly  by 
l i n e a r l y   s c a l i n g   t h e   t a b u l a t e d   v e l o c i t y  ratios f o r   t h e   n e a r e s t   t h i c k n e s s  ratio. 
The   chordwise   d i s t r ibu t ion   o f   ve loc i ty  ra t io  p r e d i c t e d  by t h e  method of 
Theodorsen  for   the  geometr ies  of t h e   p r e s e n t   i n v e s t i g a t i o n  was found to scale 
l i n e a r l y   w i t h   t h i c k n e s s  ra t io  to t h e  same o r d e r   o f   a c c u r a c y   t h a t   t h e   v e l o c i t y  
ratios f o r  the NACA f o u r - d i g i t  series d id .  The spanwise   va r i a t ion   o f   t he  
c h o r d w i s e   d i s t r i b u t i o n  of t h i s   v e l o c i t y  r a t io  (and ,   hence ,   o f   the   modi f ica t ion  
to the   boundary   cond i t ions )   cou ld ,   t he re fo re ,   be   app rox ima te ly   accoun ted  €or 
by l i n e a r   s p a n w i s e   i n t e r p o l a t i o n  and t h u s   s i m p l i f y   t h e   c o m p u t a t i o n a l   p r o c e d u r e .  
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i ncompress ib l e .   However ,   t h i s   t heo ry   d id   no t   p rov ide   t he  proper p r e s s u r e  dis-  
t r i b u t i o n  for c a l c u l a t i o n  of the   boundary   l ayer  a t  t r a n s o n i c  speeds, a n d   t h e  
r e s u l t i n g   b o u n d a r y   l a y e r s   c a u s e d   n e g l i g i b l e   c h a n g e s   i n   t h e   l i f t  and p i t c h i n g  
moment a t  z e r o   a n g l e  of attack. Hence, the   two-dimens iona l   t ransonic   theory   o f  
Bauer, Garabedian,  Korn,  and  Jameson  (ref. 20) was used t o  compute t h e   d i s p l a c e -  
ment t h i ckness .  

I n  order to correct t h e  l i f t  and p i t c h i n g  moment a t  z e r o   a n g l e   o f  a t tack,  
the   boundary - l aye r   ca l cu la t ions  were made for a model a n g l e  of a t t a c k  of Oo. 
Since   conve rged   so lu t ions   cou ld   no t  be ob ta ined  a t  a Mach number of  0.90, a l l  
c a l c u l a t i o n s  were made a t  a Mach  number of 0.80. However, c a l c u l a t i o n s   i n d i -  
cated t h a t   t h e   c h a n g e s   i n   d i s p l a c e m e n t   t h i c k n e s s   o v e r   t h i s  Mach number range  
and for c o n s t a n t   a n g l e   o f  at tack (ze ro )  are much less than   t he   changes   i n  d i s -  
p l acemen t   t h i ckness   ove r   t he   ang le -o f -a t t ack   r ange   i nves t iga t ed .   S ince   t he  
la t ter  v a r i a t i o n   i n   d i s p l a c e m e n t   t h i c k n e s s  is n o t   b e i n g   a c c o u n t e d   f o r ,  it is 
n o t   i n c o n s i s t e n t  to n e g l e c t   t h e   f o r m e r   v a r i a t i o n .  The e x p e r i m e n t a l   u n i t  
Reynolds number for a l l  c o n f i g u r a t i o n s  was 9.84 x l o 6  per meter. A l l  v i s c o u s  
c a l c u l a t i o n s  were based o n   t h i s   R e y n o l d s  number. 

C a l c u l a t i o n s  based on simple sweep theo ry  showed t h a t   t h e   e f f e c t   o f  sweep 
on  the  boundary-layer- induced camber was w i t h i n   t h e   a c c u r a c y  of t h e   c a l c u l a -  
t ions.   Thus,  to be c o n s i s t e n t   w i t h   t h e   t h i c k n e s s   c a l c u l a t i o n ,   t h e  2-D boundary- 
l a y e r   c a l c u l a t i o n s  were also made i n   t h e  streamwise d i r e c t i o n .  

Bauer, e t  a l .  (ref. 20)  ignore   the   l aminar   boundary   l ayer   and   assume  tha t  
the   tu rbulen t   boundary   l ayer   g rows   f rom  zero   th ickness  a t  a s p e c i f i e d   " t r a n s i -  
t i o n   l o c a t i o n . "  A c o r r e c t i o n  for th is   assumpt ion   has   been  made i n   t h e   p r e s e n t  
c a l c u l a t i o n s  by t h e   e s t i m a t i o n   o f   t h e   l a m i n a r   R e y n o l d s  number a t   t h e  model 
t r a n s i t i o n - s t r i p   l o c a t i o n .  The results f o r  a f la t -plate  boundary  layer   with a 
z e r o  pressure g r a d i e n t   i n   t h e  streamwise d i r e c t i o n  were used. I t  was then  
assumed tha t   the   l aminar   and   tu rbulen t   Reynolds   numbers  based on momentum 
th ickness   were   equal  a t  t h e  model t r a n s i t i o n - s t r i p   l o c a t i o n .   T h u s ,  a Reynolds 
number based  on  length  could be computed for a turbulen t   boundary   l ayer   which  
began some d i s t a n c e   a h e a d   o f   t h e   m o d e l   t r a n s i t i o n - s t r i p   l o c a t i o n .   T h i s   R e y n o l d s  
number was computed  by  the  method  of Sommer and   Shor t  (ref.  21) and  provided a 
v i r t u a l   o r i g i n  of the   t u rbu len t   boundary   l aye r .  The v i r t u a l   o r i g i n  was  ahead 
of t h e  model t r a n s i t i o n - s t r i p   l o c a t i o n   a n d  was i n p u t  as t h e   " t r a n s i t i o n  loca- 
t i o n "   i n   t h e  method  of   reference 20. 

The r e s u l t a n t   b o u n d a r y   l a y e r s  were found to va ry   spanwise   approx ima te ly   i n  
a l i n e a r  manner. For t h i s   r e a s o n ,   t h e  same l i n e a r   i n t e r p o l a t i o n   t e c h n i q u e   u s e d  
for t h e   t h i c k n e s s   m o d i f i c a t i o n  was used to compute   the   boundary- layer   e f fec ts  
on t h e  wing.  Figure 2 shows t h e   r e s u l t a n t   u p p e r   a n d  lower surface  boundary-  
l a y e r   d i s p l a c e m e n t   t h i c k n e s s   d i s t r i b u t i o n s  used f o r   i n t e r p o l a t i o n   o n   t h e  
A = 330 c o n f i g u r a t i o n .  
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COMPARISONS W I T H  EXPERIMENT 

Description of Models 

The configurations of this  report  had  supercritical  wing  sections  and  area- 
ruled  fuselages  with  vertical  tails  but  no  horizontal  tails. The  wings had 
quarter-chord  sweep  angles of 33O, 38.5O, and 42O. The  planforms of these wings 
are  shown in  figure 3. The  reference  area  for  these  wings  was  defined  as  the 
area  created  by  extending  the  outboard  leading-  and  trailing-edge  line segments 
inboard  to  the  wing  center line;  as  a  result,  the  reference  planforms  were  trap- 
ezoidal, The  moment  reference  point  was  taken  to be  the  quarter  chord of the 
mean  aerodynamic  chord of this  reference  trapezoidal  wing  planform.  Only  the 
33O wing  had  control  surfaces.  The  controls  were  installed  on  the  right  wing 
only  of  the 33O configuration in  order  to simplify  model  construction  and  test- 
ing.  It  was  anticipated that  a  reasonable  estimate of the  effects of differen- 
tial  control  deflection  on  both  wings  could be obtained  by  combining  the  effects 
of opposite  deflections on the  same  wing.  For this  reason,  the  present  compari- 
sons of rolling  moment  are  based  on  a  differential  rolling-moment  coefficient 
dC2 defined  as  the  rolling-moment  coefficient  for  a  negative  control  deflection 
minus  the  rolling-moment  coefficient  for  the  corresponding  positive  control 
deflection.  A  detailed  description of the 3 3 0  wing  configuration as well as 
its  experimental  characteristics  may  be  found in reference 5. The  data  for  the 
other  two  configurations  were  obtained  from  unpublished  results of wind-tunnel 
tests  by  the  Langley  Research  Center. 

Longitudinal  Aerodynamic  Characteristics 

A comparison  between  the  theoretical  and  experimental  chordwise  load  dis- 
tributions  at  two  span  stations for  the 330 wing  configuration at a  Mach  number 
of 0.80 is  presented  in figure 4, In  general,  the  theory  underpredicts  the 
experimental  loads  in  the  vicinity of the  leading edge and  overpredicts  the 
experimental  loads in  the  vicinity of the  trailing  edge.  However,  the  dis- 
crepancy  between  theory  and  experiment  is  reduced  by  accounting  €or  the  effects 
of wing  thickness  and  boundary-layer  induced  camber. 

A  comparison  between  theoretical  and  experimental  longitudinal  aerodynamic 
characteristics of the 330 wing  configuration  with  no  control  deflections at 
Mach  numbers of 0 . 8 0  and 0.90 is  presented  in  figure 5. The wing pressure  dis- 
tribution  data of reference 5 indicate  that  for  these  Mach  numbers,  shock  waves 
and regions of supersonic  flow  are  occurring on the  wing. It  can be seen  that 
accounting  for  the  thickness  and  viscous  effects  substantially  improves  the 
correlation  between  theory  and  experiment  and  results  in  a  reasonably  good  pre- 
diction of the experimental  characteristics. 

In  order  to  assess  the  effect of wing sweep in  the  present  method of com- 
puting  wing  lift  and  pitching  moment,  similar  computations  were  made  for  the 
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38.5O and 420 configurations.  These  results are shown  in  figures 6 and 7, 
respectively. It can be seen that  similar  improvements  in  the  calculation of 
CL and C, were  obtained by  accounting  for  wing  thickness  and  boundary-layer- 
induced  camber. The discrepancies  between  the  theory  and  the  experiment  are 
most  probably  due  to  the  flat-plate  representation of the  fuselage,  the  use of 
linear  theory at transonic  speeds,  and  the  approximate  manner  in  which  viscosity 
and  wing  thickness  have  been  accounted  for. 

Similar  results  have  been  obtained  by Hess (ref. 1 3 )  who  estimated  the 
effects of viscosity on a  swept,  tapered,  and  untwisted  wing  with  a  symmetrical 
airfoil. At  a  low  free-stream  Mach  number,  Hess  demonstrated  that  inclusion of 
the  boundary-layer  displacement  thickness  in  the  theory  improved  the  agreement 
between  the  theoretical  and  experimental  chordwise  pressure  distributions  and 
the  spanwise  lift  distribution. 

Rolling-Moment  Characteristics 

To properly  compute  rolling-moment  effectiveness,  both  thickness  and  vis- 
cous  effects  should  be  included.  However,  because of the  difficulty of perform- 
ing  the  boundary-layer  analysis  for  an  airfoil  with  a  deflected  trailing  edge, 
no  viscous  effects  on  control  effectiveness  were  computed. 

Insufficient  data  for  comparison  with  theory  were  available  for  control 
F1.  (See  fig. 1 for  control-surface  locations.)  Comparisons  of  the  theoretical 
and experimental  rolling-moment  coefficients  produced  by  controls F2 and F3 
with  the  model  angle of attack  equal  to 3.5O (approximately  the  design  lift 
condition)  are  presented  in  figures 8 and 9,  respectively.  For  the  lower  Mach 
numbers  and  low  deflection  angles,  good  agreement  was  achieved  between  the 
linear  thin-wing  theory  and  the  experimental  results. As would  be  expected, at 
the  higher deflection  angles  or  at the  higher Mach  numbers,  agreement  between 
the  inviscid  theory  and  experiment  deteriorated. 

Figures 10 and 11 summarize  these  rolling-moment  results  for  controls F2 
and F3 as  a  function of Mach  number.  These  figures  more  clearly  show  the 
effects of Mach  number  for  the  various  control  deflection  angles.  From  refer- 
ence 5, the  drag  divergence  Mach  number  at  the  design CL of 0.50 for this 
configuration,  with  controls  undeflected,  is 0.916. It  can  be  concluded  from 
figures 10 and 1 1  that  below  the  drag  divergence  Mach  number  and  near  the 
design  lift  condition,  a  reasonably good estimate  of  the  differential  rolling 
moment  can be made by  use of linear  thin-wing  theory  without  wing  thickness  or 
boundary-layer  effects.  Inclusion of the  wing  thickness  effects  consistently 
resulted  in  a negative  increment in  the differential  rolling-moment  coefficient 
for  controls F2 and F3 over  the  range of  deflection  angles  shown. 

Rolling  moments  produced  by  control  Fd  were  substantially  overpredicted 
by  theory  (figs. 12 and  13). This  large  discrepancy  between the  theory  and  the 
experiment  may  be  attributed  to  aeroelastic  effects or trailing-edge  flow 
separation. 

Figure 14 presents  a  comparison  between  theory  and  experiment  for  rolling 
moments  produced  with  multiple  control  deflections  near  the  design  lift  coeffi- 



c i e n t .  A s  before, r o l l i n g  moments are r easonab ly  well predicted below t h e   d r a g  
d ivergence  Mach number wi th   the   th in-wing   so lu t ion .  A t  h igh  Mach numbers, 
l i n e a r   t h i n - w i n g   t h e o r y   c o n s i s t e n t l y   o v e r p r e d i c t e d   t h e   c o n t r o l   e f f e c t i v e n e s s .  

CONCLUDING REMARKS 

A stuf iy   has   been  conducted  in  order to d e t e r m i n e   t h e   e x t e n t  to which 
l i nea r   t heo ry   can   be   u sed  as a rapid method of e s t i m a t i n g   t h e   o v e r a l l  forces 
and moments of t r a n s p o r t   c o n f i g u r a t i o n s   w i t h   s u p e r c r i t i c a l   w i n g s   o p e r a t i n g  a t  
t r a n s o n i c   s p e e d s .  

Be low t h e   d r a g   d i v e r g e n c e  Mach number, l i nea r   t h in -wing   t heo ry   gave  a good 
p r e d i c t i o n  of b o t h   t h e  slope of t h e  l i f t  c u r v e   a n d   t h e  slope of the   p i t ch ing -  
moment c u r v e   a g a i n s t  l i f t .  However, t h e  l i f t  c o e f f i c i e n t  a t  z e r o   a n g l e  of 
attack C G , ~  and  the  pi tching-moment   coeff ic ients  a t  z e r o  l i f t  h,o were n o t  
well p r e d i c t e d  by the   th in-wing   po ten t ia l - f low  theory .  

I t  was found   t ha t  for Mach numbers below d r a g   d i v e r g e n c e ,   t h e   p r e d i c t i o n  of 
C L , ~  and G,o was g r e a t l y  improved  by i n c l u s i o n  of wing t h i c k n e s s  effects 
whlch  account   for  the i n t e r a c t i o n  of thickness  and  camber.  With the a d d i t i o n a l  
i n c l u s i o n  of two-dimensional  boundary-layer-induced-camber e f f e c t s ,   a s   d e t e r -  
mined from a n o n l i n e a r   t r a n s o n i c  m e t h o d ,  the   theory   gave  a reasonably  good  pre- 
d i c t i o n  of the l i f t  c o e f f i c i e n t  CL and  pi tching-moment   coeff ic ient  C, over  
t h e   l i n e a r   p a r t   o f   t h e   a n g l e - o f - a t t a c k   r a n g e .  

For Mach numbers below drag   d ivergence ,  l i f t  c o e f f i c i e n t s   n e a r   t h e   d e s i g n  
c o n d i t i o n ,   a n d   c o n t r o l   d e f l e c t i o n   a n g l e s  up to &15O, thin-wing  potent ia l - f low 
theory   gave  a r easonab ly  good estimate of t h e   r o l l i n g  moments d u e  to  d e f l e c t i o n  
o f   i nboa rd   con t ro l s .   I nc lud ing   t he  wing g e o m e t r i c   t h i c k n e s s   e f f e c t s   i n   t h e  
c a l c u l a t i o n s   g e n e r a l l y   r e s u l t e d   i n  a less accurate ro l l i ng -m,men t   p red ic t ion .  
The e f f e c t i v e n e s s  of t h e   o u t b o a r d   c o n t r o l s  was g rea t ly   ove res t ima ted .  

The l i n e a r   t h e o r y  m e  thd (inc luding   th ickness   and   v i scous  effects)  was 
s u b s t a n t i a l l y  faster and   r equ i r ed  much less s t o r a g e   t h a n   p r e s e n t l y   a v a i l a b l e  
t ransonic   th ree-d imens iona l   methods .  

Langley  Research  Center  
Nat iona l   Aeronaut ics   and  Space Adminis t ra t ion  
Hampton, -VA 23665 
June 1 6 ,  1978 
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Figure 1.- 33O wing planform  with  control-surface  locations. 
Paneling  scheme  typical  of  all  configurations. 
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Figure 2.- Upper and lower  surface  chordwise  boundary-layer 
displacement  thickness  distributions. M, = 0.80; 
zero  control  deflections; c1 = Oo; ll = 33O. 
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Figure 3.- General wing planforms. Sweep angles   are  given 
for  quarter-chord  l ine of outboard  panels. 
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Figure 4.- Effect of geometric  thickness and boundary-layer-induced camber on  chordwise 
load distributions. CL = 0.49; M, = 0.80; zero control deflections; A = 33O. 
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Figure 5.- Effect of geometric  thickness  and  boundary-layer-induced  camber 
on longitudinal  aerodynamic  coefficients.  Zero  control  deflections; 
A = 330. 
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(a) M, = 0.80. 

Figure 7.- Effect of geometric  thickness and boundary-layer-induced  camber 
on  longitudinal  aerodynamic  coefficients.  Zero  Control  deflections; 
A = 420, 
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Figure 8.- Comparison  of theoretical and experimental  differential rolling-moment 
coefficients produced by control F2. c1 = 3.50°; A = 33O. 
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(d) M, = 0.94. 
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Figure 9,- Comparison of theoretical and experimental  differential rolling-moment 
coefficients produced by control F3. a = 3,500; A = 330. 
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Figure 11.- Comparison  of  theoretical and experimental  differential 
rolling-moment coefficients  produced by three different deflec- 
tions  of  control F3. cx = 3.50°; A = 3 3 O .  
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rolling-moment coefficients produced by control Fq. M, = 0.80; 
c1 = 3.50°; A = 3 3 O .  
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Figure 13.- Comparison of theoretical and experimental  differential 
rolling-moment coefficients  produced by two different  deflections 
of  control Fq. 01 = 3.500; A = 3 3 O .  
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