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FOREWORD

This report documents the results of a Reaearch and Development study porformed un-
der the NASA Contract NAS1-13285. The contract, titled "Computer Program for
Weight Sizing, Economic, Poerformance and Mission Analysis of Fuel-Conservative
Afrcraft, Multibodied Aircraft and Large Cargo Alrcraft Using Both JP and Alternativo
Fuels", was sponsored by the NASA Langley Research Center with Mr, Owen Schrader
as the NASA Project Manager.

The work was accomplished by the Weight/Cost Analysis group of General Dynamics
Convair Division, San Diego, California. The Program Manager was B, H, Oman
under the administration of Mr. G. V. Smith, Chief of Weight/Cost Analysis, R. E.
Martin, Manager of Structures Technology, and J, D. Forest, Director of Structures
and Design. Principal contributors to the studies conducted under this contract and
tho preparation of this report include: W. E. Caddell and W. D. Honeycutt, Mass
Propertios Analysis; S. K. Pederson and R, J. Bulinski, Mission and Performance
Analysis; G. S. Kruse and C, J. Tanner, Structural Analysis; T. F. Reed, G. S. Kruse
and S. T. Hitchcock, Part Definition Methodology Development; R. E. Kenvon and J,
M. Youngs, Economic Analysis; T. F. Reed and A, R. Stone, Computer Program
Development and Implomentation,
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SUMMARY

This report presente the results of a Research and Development Study performod under
NASA Contract NAS1-13285, The objective of this study was to expand the capability

of the oxisting NASA Langley Resoarch Centor Vohiclo Desfgn Evaluation Program

(VD EP-11) doveloped under NASA Contract NAS1-12506 (Soc Note 1).  The three major
areas of oxpansfon wore: 1) Incorporation inw tho program of a capability to conduct
preliminary dosign studfes on subsonic commercial transport type afroraft using both
JP and such altornate fuols as hydrogon and moethane: 2) incorporation of an aireraft
dotajled mission and performance analysis capability: and 3) dovelopment and ncor-
poration of an extornal loads analysis capability. The resulting Vehicle Dosign Evalu-
ation Program (VDEP-I1I) provides a proliminary dosign tool that enablos the user w
perform L.lograted sizing, structural analysis, and cost trado studios on subsonic
commercial trangport aireraft, Thore are two versions of the VDEP-II Program which
are dosigated "Proliminary Analysis VDEP-II" and "Dotaflod Analysis VDEP-III",
Both versions utilire the same vehiole sizing subprogram which includes a dotallod
missfon analysis capability, as wall as a geomotry and weight analysis for multi-bodied
configurations,

The prdlimdnary analysis VDEDP-IIT consists of tho vohicle sizing subprogram and a cost
analysis subprogram. The vehiclo sizing subprogram provides geomotry, woight, and
balance analysis for atreraft using JP, hydrogen ov mothane fuels. It has an option of
providing first pass porformance data or conducting a detafled mission and performance
analysig, A monus distribution and momaoat of inertia analysis is also provided. The
cost analysis subprogram intogrates fivst anit manufacturing costs based on Cost Estim~
ating Relationghips (CERs), total program costs that includos tooling and enginoorving,
and a roturn-on-investmont analysis based o route structures,  The preliminary design
VDEP-T program {s destpgned to ovaluate and provide trade study data for fuel con-
sorvative ajroraft, multi-bodied afreraft, and large cargo afreraft using both J© and
cryogende fuels,

The detaflod analysis VODEP-III consista of the vohicle sizing subprogram, the extorual
loads subprogram, the structural analysis subprogram, the dotadl parts subprogram,
and the cost anadysis subprogram. The vehicle sizing subprogram is the same as that
used fn the preliminary anadysis VOED-11 describod in the previous paragraph. The
oaxtornal loads subprogram provides a mothod for dovelopmeont of steady state load dis-
tribution on proliminary adreraft components for specified afrplane weights and load
factors, ‘The structural synthesis subprogram utilizes a multi-station analysis for acrw-
dynamie surfacos and fuselages to devolop theoretical welghts and geomotric dimensions,
The parts definition subprogram utilizes the goometrie data from the structural analysis
and develops the pradicted fabricadon dimensions, parts, matorial raw stoek buy re-
quiromoents and the proedioted actual weights, The ocost annlysis subprogram utilizes
dotail part data in conjunction with astandard hours, reallzation factors, labor ratos, and

I nComputor Program to Asscas Tmpact of Fatiguo and Fracture critoria on Weight and
Cost of Transport Arceraft, " (NASI-12506) NASA CR 132648, Juno 1975,
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material data to develop the manufacturing costs. The detail cost analysis integrates
the detail part developed manufacturing cost with the total program costs, which in-
cludes tooling, engineering, and return-on-investment based on airline route structures
to provide a complete cost analysis capability,

The computer programs have been written in FORTRAN IV and are designed for use on
the CDC 6000 series computers, Several test cases, using data for existing aircraft,
were run to check the program results against actual data. It was shown that the pro-
gram represents an accurate and useful tool for estimating purposes at the preliminary
design stage of airframe development. A sample case along with an explanation of pro-
gram applications and input preparations is presented in the User's Manual.

Table 1 is a summary of the preliminary analysis program version functional capabflity
and Figure 1 i8 a preliminary analysis program block diagram. Table 2 is a summary
of the detail analysis program version functional capability and Figure 2 is a detail
analysis program block dlagram.,

VEHICLE COST
SYNTHE3IS J, r SYNTHES!S 1
DESIGN e MANUFACTURING
| DESIGNL »| estimaTing b foth
RELATIONSHIPS
Y
VEHICLE COST TOOLING
SYNTHESIS Hlvooelf™l  cost ™l ToTaL
PROGRAM
COST
ENGINEERING
™l cost ™
frer] ;
\ \ [ RETURN ON INVESTMENT
WEIGHT DATA MANUFACTURING COST
MISSION DATA FIRST-UNIT COST
PERFORMANCE DATA  TOTAL PROGRAM COST
BALANCE RETURN ON INVESTMENT
DESIGN DATA

Figure 1, Vehicle Design and Evaluation Program (Preliminary Analysis Version)
(VDEP-III) Block Diagram
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Table 1. Summary of the Preliminary Analysis Program Version Functional Capability

VEHICLE SYNTHESIS (SIZING)

AIRCRAFT BALANCE
MANUFACTURING COST
ENGINEERING COST

TOOLING COSTS

TOTAL VEHICLE PROGRAM COST3
AIRLINE ROUTE ANALYSIS
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Table 2. Summary of the Detail Analysis Program Version Functional Capability

VEHICLE SYNTHESIS (SIZING)
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STRUCTURAL SYNTHESIS
DETAIL PART DEFINITION
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SECTION 1
INTRODUCTION

This report presents the results of a research and development study porformed under
Contract NASI-13285. The objective of the study was to develop a "Computor Program
for Weight Sizing, Economic, Performance and Mission Analysis of Fuel Conservative
Alrcraft, Multi-Bodied Aircraft and Large Cargo Afrcraft Using Both JP and Alternate
Fuels".

Its intended use is as a preliminary design analysis tool to onable the user to perform
trade-off studies involving subsonic commercial transport type aircraft using both JP
and such alternate fuels as hydrogen and methane.

The starting point of the present effort was a computer program developed under NASA
Contract NAS2-5718, "Estimation of Airframe Manufacturing Costs", (Sec Note 1).
This program was modiffed and oxpanded in a study that analyzed manufacturing and
material cost, engineoring costs, tooling costs, total vohicle program costs, direct
operating costs, airline route analysis, and return-on-investment under NASA Contract
NAS1-11343, (See Note 2). A follow-on developmont oxpanded the structural synthesis
to include a capability to asseas the impact of fatigue and fracture criterin in terms of
fatigue lifo, crack growth lfe and residual strength,

The current study provides an expanded version of the oxisting vehicle sizing subprogram
that incorporated the Combat Aircraft Synthosis Program (See Note 3). The expansion
inoluded modifications to account for lquid hydrogen and liquid methane fuuied ajreraft
and multi-bodied configurations. It also included modifications which accounts for
mission segments appropriato for transport operations and the generation of propulajon
routine ongine data for cryogenic fuelod systems., This study also includes the devolop-
ment and incorporation of an extemal loads analysis. The axtermal loads provides an
intorface botween the vehicle sizing subprogram and the structural synthesis subprogram
that acoounts for changes in extornal loads associated with vehicle sizing variations,

The detail version of the program genorates weight data in four aroas. Overall vehicle
system weights are derived on a statistioal basis as part of the vehicle sizing process.

I Trelease, R. H., et al, "Estimation of Airframe Manufacturing Costs, " Convair
Aerospace Report GDCA-BJF71-918, July 1972,

2 "Computer Program to Perform Cost and Weight Analysis of Transport Aircraft,"
(NAS1-11843) NASA CR 132362, November 1973,

3 Bulinski, R. J., "Combat Aircraft S™mthesis, " Genora! Dynamics Convair Repor:

GDC-ERR-1563, Decembor 1970,
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Theoretical weights, actual weights, and the weight of the raw material to be purchased
are derived as part of the structural synthesis and part defintion processes based on the
computed part geometry., The manufacturing cost analysis, based at the individual detail
part level, is made by corsidering the actual manufacturing operations required to produce
that part. A list of shop operations is called out with each detail part, and a series of
equations assoclated with each operation is used to compute the shop hours necessary to
make the part. By applying the appropriate labor rates to the calculated hours, the dire
and indirect manufacturing labor costs are found, Material costs are computed based or
the amount of material required to manufacture each part.

In the short version of the program the vehicle sizing was integrated with the cost
estimating relationship (CER) program for the major structural components and sub~
systems as opposed to the more detail parts definition method. Specifically, the non~
recurring RDT&E portion of the program cost model was modified in the area of initial
engineering associated with airframe development., Cost Estimating Relationships
(CERs) have been devcloped to provide a means for generating a theoretical first unit
cost for any specific aircraft configuration under study during the preliminary design
stage,

Tooling costs are computed as a function of the number of basic tool manufacturing
hours, initial sustaining aircraft production rates, and tooling labor rates. Basic tool
manufacturing hours are derived as a function of the number of dissimilar parts to be
produced, the average number of tools required per dissimilar part, and the average
number of hours required to produce each tool.

Total vehicle program costs are computed based on a cost model that was assembled
primarily from the work of R, E. Kenyon of General Dynamics/Convair Divisfon (See
Note 1). Cost elements that are computed elsewhere in the program are brought
across and substituted into the model. A learming-curve approach is utilized to derive
costs of a given unit or lot as a function of the first unit cost,

A comprehensive measure of the total economic viability for a commercial transport
operation is reflected in the return-orn-investment analysis, Direct operating costs
are computed using the 1967 Air Transport Association formula updated to 1972 cost
levels, Indirect operating costs and re‘urn-on-investment are computed by applying
aircraft acquisition and direct operating costs to a defined traffic structure. Output
includes direct operating costs, indirect cperating costs, revenue, load factors, profit,
return-on-investment, and fleet size.

These programs provide the user with a Cost Estimating Relationship (CER) method
for conducting inftial studies, with an option to use the detail method for more in-depth
analysis. One advantage provided by the method developed is the capability to make

rKenyon. R. E., "Techniques for Estimating Weapon System Structural Costs, "' Air
Force Report AFFDL-TR-71-74, July 1971,
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trade studies from several levels of considoratfon. For example, weight and cost data
can be rolated directly to key system paramoters at the vehicle mission level such as
payload, speed, range and landing ficld length requirements, At the vohicle configur-
ation level, data can be rolated diroctly to surface areas, span, swoep, taper, etc,, and
fuselage lcagth, slondermoess, ete. At the major compounent level comparisous can be
made to determine the overall vehicle weight and cost sensitivities at cach of these levels,
and in this manner tho proposed aircraft design may be further and further cefinoed

to a high degree of dotnil, Thus, ongineering functions can gain insight into the cost
offoctiveness of altornate aircraft systems, porform design trade studies, and perform
studios to determine the impact of more detailed onginocring alternatives with respect
to particular aspects of design.

The essential features of the vehicle design evaluation program can be categorized into
four major areas: the vehicle synthesis, extornal loads evaluatfons, structural syn-
thosis, and parts definition/cost synthesis, The principal functions performed in cach
of those catogorios are doscribed in the following paragraphs,

The vohicle synthesis porfornis the initial sizing of the vehicle using iterative processes
to assure compatibility of weights and dimensions with performance and mission re-
quirements, Tho equations utilized in this process are detafled in Sections 2.0 through
6.0, and oach of those soctions incorporates a dotailed technical discussfon, The vehicle
syuthesis provides data necessary for the other categories fn the form of group level
woiphts, vohicle goometry, engine data, dotafled arrangement (locatim) of components,
mass distributions, and moments of fnortia,

Tho loads analyses provide shear, moment, and torsion loads at a number of points in
onch of the major structural components. Separate considoration is givon to air loads,
fnerdda loads, aeroclastic effects in wing and tail surfaces, external concontratoed loads,
otc, The loads are computed for soveral conditions of flight and aircraft loading con-
figurations in order to obtain the most critical conditions for design. Those rofinod
loads data are then provided to the structural synthoesis for detailed componont analysis,
Tho loads analysis procodures are deseribed in Soction 7,0,

Tho structural synthesis process provides detatled goomotry, loads, and woight data for
the principal structural elements, The synthesis utilizes a multistation analysis approach
that assumos a reasonable structural continuity and a well defined clastic axis, Tho
structural synthesis alsc has a capability to assess the impeot of fatiguo and fracture
critorin in terms of fatigue lifo, crack growth life and rosidual strength. The fatigue

life and crack growth life analysis utilizes a flight profilo to asscss damage for various
loading conditions, The residual strongth is then dotormined fur flawed structures,

The structural synthosis provides the driving paramotors for the part definition routines.
A dotailed technical discussion of the structural synthosis is prosentedh Soction 3,0,
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The parts definition/cost analysis portion of the program provides: manufacturing costs
based on a consideration of the actual detail parts to be produced and the actual manu~
facturing and assembly processes required to produce them; material costs based on the
type and quantity of material actually purchased; engineering costs based on a statistical
treatment of historical data; tooling costs based on the number of parts to be produced;
total vehicle program costs based on a cost estimating relationship (CER) approach;

and a return-on-investment analysis. A capablility has also been added tc develop manu-
facturing costs from Cost Estimating Relationships (CERs; in lfeu of the detail parts

approach, Except for the total vehicle program cost and the return-on-investment
analysis, nput to the cost portion of the program is primarily self generated, comprised
of either values that have been derived by the preceding synthesis routines or values

that are generated internally as needed. A capability has been designed into the program
to allow direct input of any parameters for which values are known or for which a con-
stant value is desired. Input to the total vehicle program cost routine is comprized of a
series of CER's that are typical of that particular type of analysis. A detailed dis-
cussion of the cost computations is presented in Sectjons 9.0 and 10.0.
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SECTION 2

GEOMETRY ANALYSIS

The geometry analysis computes aircraft dimonsions, areas, volumes, and miscellaneovs
dimensional data needed to construct a configuration three viuw drawing, perform pre-
liminary aerodynamic analyses, estimate design loads, and make preliminary calcula-
tions of vehicle structure snd component weights. The geomotry analysis has been
divided into ten major categories which include wing, tails, fuselage, landing gear,
engines, nacelles, pylons, gonoral, loads, and cryogonic tankage.

Because of the close interaction between geometry and design weights a loop has been in-
oluded which derives and iterates desiym weights as required to maintain consistency of
the data.

2.1 DESIGN WEIGHTS. The design weights utilized within this program develop-

ment are design landing weight, design mission weight, and dosign maximum weight.
Significant vehiclo dimensions are dorived as a function of imposed load conditions and
the varfous vehicle design weights, The design weights are the vehicle total weights
defined by specification and operating roquirements that are subsequently used in per-
formance, weight prediction, and loads analysis., Design woights are usually required
for combat (design mission), landing, and maximum load. The dosign weights are de-
rived by modifying tho mission takeoff weight and applying safety margin fuctors as
required by specifications, The sizing procoss is inttiated by inputting an initial takeoff
weight ostimate and computing the dosigm wuights, As the sizing iteration progresses
the takooff woight and design welghts are updated until the now estimato and the calculated
value is within a predetermined toleran~e, The design welghts are computed by the
foliowing equations:



Basic Flight Design Gross Weight

w =Wm-wpm+wpd-k1 (Wf) +Wfd

d
where:
Ww = mission takecff weight
me = mission payload weight
w pd = design payload weight
k1 = percent reduction of mission fuel for flight design weight
¢ = mission fuel weight
Wfd = specified (fixed) quantity of design fuel

Maximum Flight Design Gross Weight

=k -W w -W, +W
Wm 2(wbo pm+ pmx l:+ )

fmx
where:

to = missjon takeoff weight
w = mission payload weight

pm
mex = maximum payload weight
Wf = mission fuel weight
wﬂnx = maximum capacity fuel weight
k2 = maX., weight over-design factor

Lnnding Design Gross Weight

- - - w
Wy mky W, =W oW -k, W) +Wy)

where:
Ww = mission takeoff weight
w = mission payload weight
pm
2-2
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w ol = landing dosign payload weight
We¢ = mission fuel woight
Wq = spociffed (fixed) quantity of landing fuel

landing weight over-dosign factor

o

kg = porcent reduction of mission fuel for design landing woight

The Design Gross Weight Calculation equations are located in Overlay 1,1 Program

GEOM.

a0 WING GEOMETRY., The wing geometry calculations have as their basis

a gonerallsed wing configuration description exprossed in torms of dimensionloss ratios
and sizing parametors. Thoe sizing parameters are either wing loading (W/S) or wing
area (8,). The dimensicnless ratios include the aspect ratio (AR), the tapor ratio

(A), the thickness-to-chord ratfo (t ‘c), and the spar location as percent wing chord.

2.2.1 Wing Dimensional Data,

Wing Arca
If the wing area is not fixed (input), it is computed from takeoff weight and wingloading:

w
N R
. ‘o

W/S)

where:
Sw = thooretical or reference wing area
Wio = mission takool weight
a\\’/S)')o = fnput value of takooff wing loading.
Wing Span

Wing span is calculated using wing aroa and aspect ratio:

b = AR S,
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b = aorudynamic span of the wing
Sy = ving reforence area
AR : wing aspocet ratio

When aspact ratfo has nei beon tnput, howover, an w18 provided to compute
aspecet ratio in the ovent the losling adge and (raflv: + ‘¢ swoep angles are provided
as input. This equation is provided to ensure coisistency between leading edge /tradl-
ing edge swoep angle and aspoct ratio.  An oquaiion iz also provided to compute the
wing quarter chord swoep angle when the leading edge swoop angle is fnput, These

cquations are described as follows and are located in Overlay 1,4 Program INGEOM:

Aspoct Ratio
AR = (: j\\) ('l‘ANJ\:‘.—o'l‘:\N;\w
whore:
AR = wing aapect ratjo
A = wing tapor ratio
TANAlo = tampent of the wing leading edge swoep angle

TANA to = tangent of the wing tralimg odge sweep angle

Moan Aorodynamic Chond (MAC) Length

/8 A
= 3Var |t ‘rr:;‘;e]
Gw = wing mean acrudynamic chord
Sy = reforunce wing arca
AR = wing aspect ratdo
A = wing taper ratio

2-4




Spanwise Location of MAC

. =9[LI§A
Yoy T8 l1a

y'éw = spanwise location of the MAC
b = wing span
A = ‘wing taper ratio

Wing Chord at Root (Centerline, reference wing)

C o= 2 [Sw
r 14\ VAR

Cr = wing chord at the root
A = wing taper ratio

Sw = theoretical wing area
AR = wing aspect ratio

Wing Thickness at the Root (Centerline, reference wing)

t, = (t/c)r Cr

t. = wing thickness at the root
(t/c)r = wing thickness to chord ratio at the root
Cp = wing chord at the root

Wing Chord at the Tip
Cy=CpA

C, wing chord at the top
= wing chord at the root

= wing taper ratfo
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Wing Thickness at the Tip

tt = (t/C)t Ct

t = wing thickness at the tip
(t/c)t = wing thicknoss to chord ratio at the tip
Ct = wing chord at the tip

Wing Expanded Root Chord

Crx = ko Cp
Crx = wing expanded root chord
Kop = coefficieut for percent root chord expansion
Cr = wing chord at the root

Wing Chord at Planform Break

Y%
€, =C, | 1- T4 a-»

Cb = wing chord at the planform wreak
r = wing chord at the root
N = spanwise location of the wing break
b = wing span
A = wing taper ratio
Wiig Thickness at the Break
t = /o), Cp
t = wing thickness at the break

(t/c)b = thickness o chord ratio at the break
wing chord at the planform break

Cp
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Wing Thickness at MAC

Y, =Y -t
t
ts. =% -.( Sw b ) (tb ) (outboard of break )
w (b/2-Yy,)
V. tr=t)
bt - Sw (inboard of break’
‘w Yb
tt = wing thickness at tip
taw =« wing thickness at MAC
te = wing thickness at root
= wing thickness at break
yl5 = gpanwise location of MAC from centorline
w
Yo = gpanwiso looation of break from ocmterline
b = wing span

Quarter Chord Sweep Angle

o TAN-1 I N ..\
Ay g5 = TANT" | TANA) =3R 1+x]

N. 25 = wing swoop angle at the 26'% chord

TANA)q = tangont of the wing leading odge sweep angle
AR = wing aspoot ratfo

A = wing taper ratio

Wing Sweep at the 60% Chord

- ¢, @=A)

Ag.50 = TAN TS
Ao. 50 = wing swoep angle at the 50% ohord
TANAg g5 = wing sweop angle at the 25% chord

1 "
TAN Ay g5~

Cy = wing chord at the root
A = wing tapor ratio
b = wing spuan

2-7
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Gross Wing Area (including expanded root area)

Sg =8, +¥p Crx~ Cyp)

where:
Sw = basic reference wing area
¥b = gpanwise distance centerline to break
Crx = expanded root chord
Cy = chord at break

Chord at any Spanwise Location

Cn =C, L 1- (-37-5) (1=A) - , outboard of break, or
=C |1- 0;"3) (1-x>1+(cm_cr)[yb-yn}
| 4 A4
inboard of break
where:
Cn = chord at any span station n
Yn = dimension from center line to span station n
Yb = dimension from center line to break
Cy = root chord, reference wing
Cex = expanded root chord
A = reference wing taper ratio
b = wing span

Thickness of any Spanwise Location

yn‘yb

t, =ty - o ty, = t.) , outboard of break, or
(I 7 e

y
t =t - <--’1-> (t_ - t,) , inboard of break
Yy rx

2-8
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where:

= thicknoss at any span station g

= dimension froin centerline to span station n
: dimension from centerline to break

= expanded root thickness

= thickness at break

t = thickness at tip

O
,,

b = wing span

Crossg-section Area of Structural Box at any Spanwise Station

Ay =0.864 (Cﬂ) (tn) (kyg-Kgg)

where:
C’7 = wing chord at any span location
tn = wing thickness at any span location n
kpg = roar spar location, decimal chord
keg = front spar Jocation, decimal chord

Volume of Structural Box Boetwoen Two Spanwiso Stations (per side)

/Yo=Yy
Vb = \——(';-—) (A1 + 4Am +Ag)
where:
Yo = istance contor line to outboard station
1 = distanco center line to inboard station
Ay = box cross section at station (1)
Ag = box cross section at station (2)
An = box cross section at station midway between

Cross Section Area of Afrfoll at any Spanwise Station

AL n, ((‘n)(tn)

where:
Cn = wing chord at any span station n
t = wing thickness at any span stution g
r;l - andt volume coefficient (See Figure 2-1)
REN

o re
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Volume of Total Exposed Wing (outside body width) per airplane

where:
N = dimoension conterline to side of body
Yb = dimousion conterline to wing break
Yt = dimonsion centerline to wing tip
Aq = wing cross section area at span station side of body
Ay = wing cross section area at break
A - wing cross section area midway between break and side of
body
At = wing cross soction arca at tip
Ao ~ wing cross section arcea midway betwoon broak and tip
2.3 TAIL GEOMETRY. ‘Tail grometry calculations are made in a manner

similar to those of tho wing. The major excoption is the dorivation of the tall areas
based on tail volume coofficients and the previously computod tail arms.

Horizontal Tail Aroa (includes projocted area in fusclage)

h h v \Ll\

whove:
Cyp = horizontal tail volume coofficiont
Sy - roforonce wing aroa
‘w - wing MAC
Ly, ~ distance from the quarter chord of the wing MAC to that

of the horizontal tail MAC

Vortical Taki Arca (exposed aron. No fuselage burjed area, )

b
=y
Av

whore:
Cy = vortical tafl volumo coofficiont
Sw = roforence wing area
= roferonce wing span
v < distanco from the quarter chord of the wing MAC to that of

the vortieal tail MAC,
2-11



2.4 FUSELAGE GEOMETRY,. A numbor of options are provided for fuselage
types, cach having newd for different types of dimonsjonal data, Difforont equations
ave providod for each, In somo casos fnput values may be usod in leu of ealculations.

2. h1 Commer al Transport Bodies (non-cryogonic fuoll

Body Volume
Vb =1.1 (vc-»-v(, +\'p)

o,

whoro:
= Va = cochpit volume
)‘ Ve = gquipmont volume
‘ Vp = passonger volumo

Body Length

" = AR

whore:
Vb - Lody volumo
Acs » constant soction cross soction aron

Rody Dinmoter

" A
h e [tC8
R RV

whero:
hy, = body dopth
by, = body width
Acg - constant section cross soction arvea,

By Wettod Aron

S mo.s(ﬂ)w) (Ly!

2
whero:
ty, body dopth
by, - hody width
Ly, - body length ao12




2.4.2 Military Transport Body (non-cryogenic fuel). The equations are the same
as commerecial transport bodies except as shown,

Cargo Volume

Vo =W¢/3.4
where:
We = cargo weight
Body Volume
Vp =1.32 (Vo +Vg +V )
where:
Ve = cockpit volume
Ve = eqmipment volume
\'/e = cargo volume
Body Length
V
b
1‘1) R —————
. 7144=(Ac g)
where:
Vp - body volume
Body Wotted Area
+
8, = 0. 842(}31?-5-13?)(”) (Ly)
where:
by, = body depth
by, = body width
14, = body length

2.4.3 Combat Aircraft Bodies, Military fighter type aircraft bodies seldom have
very simpie lines for easy approximation of dimensions. However, it has been shownhy

W. E, Caddell (Reference 1) that very good statistical correlations axist between body volumes,
wetted areas, maximum cross section areas, and the weights of body and conter: s, {Table
2-1 , Fig., 2-2 ) Therefore, for this type aircraft the dimensfons are derived

from volumes which are derived from densities and weights of fuselage and contents,

2-13
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Alrcraft Gruss Volume Required

_1{w1--w(..\\'s W, W,
\.l +

[N Pt ' 172.8 M
whore:
v, -- groas volume including inlet cuapture air
W,y - full internal adrcraft weight
Wi = weight of internal fuel
Wg - weight of aircraft total structure
Po density of typical fightor aircraft
og == density of fuel
K{ - factor to account for inlet air volume

Rody Volumoe Regquired

Vi = V= Vwx = Vix = Vix

where:
Vb = gross vlume of body
Va = pross volume of total aircraft
Vwx - volumo of exposoed wing ( per. 2.2.1 )
Vix = volume of expused horizontal tail
Vix = volume of exposed vertical tail
Body Longth (If input, then l;xput overrides)
1/3
trg (V)
| g7h0.7
whore:
l‘b = body length
Va = total aircraft gross volume
ky = calfbration constant
vt = total afroraft fineness ratio based on total length and

oquivalent diamoter of max cross section,
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Body Equivalent Diamcter

0.5
e | —b__
be= 1o, 7L /H
where:
Vb = body gross volume
Ly, = body length
Body Width
2(Dyy)
T (1+ky)
whore:
by, = body width
Dpe =body equivalent diametor
Ky = ratio of depth/width
Body Depth
Iy, ~ky (bp)
where:
Ky - ratio of depth/width
by, = body width

Body Wettod Area

Tablo -2 demonstrates the feasibility of estimating total aircraft wetted areas by cal-
culating the exposed arcas of airfoil surfaces and ompirically estimating body areas
from volumes and lengths only, The equution following is a later development of the
same idea for the body, removing a portion of the area covered by wing intersections.
The constant 3, 309 is that for an idealized Haack body of revolution and a calibration
coefficient is provided.

Spw = K¢ (3.309) "L "(Vy,) -2 (Cy)it, )

where:
Ly, = body length
\h =~ body gross volume
Cy -w'ng chord at side of body
ty - wing thickness at side of body
e - calfbration coefficient for non-idealized shape

2-17
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2.8 LANDING GEAR GROMETRY,

fn the geometry calculations,

The conditions that establish the oleo length include the location of the mourting point,
aireraft ground clearance, and the length requirements to accommodate the oleo stroke.
The stroke iz established vy the landing energy absorption requirements and a landing
load factor. The landing load factor and landing weight are used to compute the loads,
and the landing stall spead or an approximation is used to establish the kinetic energy

to be dissipated through braking.

Main I anding Gear

I ength

stroke

\ ertical load

ag load

stall spead

Brake oneryy

Wheel

diameoter

Wheol flange
width

Tire
diametor

Tire width

Ly = kml'b N
(vg )
N =, W ———— < L
m 1860 Ny -1 (Lyy/D)

. Wiy
Fem =(_.._) (N 1)

Fam= 181 (Fyyy)

W,
L/ y
2y (W /S ( ’“to)u+3/AR)
A WIS 3. 86
W AR
i 3 o B0
m= F\STT
m
N, (W
1. 1.
D, - 1.224 | e
wo, o ! \ 5w
w
m
Wem = 363 Dy
Pam
Dtm - 1.4 20!
Wem = Wim

2-19

The dimensions required for computation of
landing gear grometry are the length and stroke, sud wheel and tire sizes. Unless
given. these dimensions are derived from aireraft configuration requirements and land
fag gear loads, Therefore, calculations of approximate Lunding gear loads are included



T - — L ——

where:

Ly =body length

km = input coefficient

Vg = landing design sink rate (defaults to 10, 0)
Vso = landing stall speed

Wy, = landing design weight

Wio = takeoff (max.) gross weight

Ny, = landing design vertical load factor

w/S = design wing loading

AR = wing aspect ratio

g = gravitation acceleration constant = 32,2
Nym =number of main gear wheels

Dym = diameter of main wheel

Wem = flange width of main wheel

Dim = diameter of main tires

Nose Landing Gear

Liength Ln=. 9 (Ly)
Stroke Sp=Ln/4.5
Vertical load F"n =,4 (Fym)

Drag load Fan =.481 (Fyp)
Wheel D, =1.224 \[I(NLNWL) > 8
diameter —Wn ~ °° Nym (500) )
Wheel flange B
width an =, 863 (Dwn)
Tire b wn
dameter °tn = "1.4 +2 W)
Tire width Win =an
2-20
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whore:
Lm = main landing gear longth
Wy, = landing uesign weight
Ny, =landing design vertical load fuctor
an== number of nose gear wheels

Dwn = diamoter of nose wheol
Wg, = flange width of nose wheel
Dy, =diamoter of nose goar tire

2.6 POWER PLANT, NACELLE, AND PYLON GEOMETRY

2.6.1 Propulsion Units. The propulsion goometry depends on input values or in-
put dimensions of a roforence power plant. Scaling of that reference data is then as
follows.

e AC

Ya
k v A+ B[
ony Tor

/ '1‘0
Dy =D, _°
Tor
3/ T
Lo = Lex' \/ T
er
whore:

= angine scaling coeffictent

A = ongine scaling curve intercopt
B ongine scaling curve slopo
C - ongine scaling curve oxponont
D, « ongino diametor
Dg, - roforence ongine dinmotor

2-21



Te - ongine thrust
Tor - reference ongne thrust
L, =ungino longth

Ly referance engine length

Input coeffielents are used o deiormine engine locations at "D" diametors outhoard of
the side of the body, Othor locatjon data are caleulated in subroutine CONMAS whore
concontrated Jond nusses are accumulatod,

26,2 Nacelles. Nacelle geometry is calculated as a function of engine dimensions
and input coefficionts.

by = L2 (L)

ng = Dy #1 teingle engine nacelles)
"\\R e @D, N2 sfamese ongine nacelles)
Dyq * Y9 uf £, Is inputd

Apm= < TR64 (g
SRR NUANIEAI W

‘\“ .5 l‘“ q

b, - 1)‘“] (singlo nacelles)
L | LS TR N (siamore nacellos)
whore:

Ly = nacalle longth
ongine longth

'\

Dyq - wacelle equivalent diamotor
Dy « ongine diametor

f“ » nacolle finenesa ratjo (1€ inpat)
Aum nacello max, ecrvss soction

Sy - nacolle wetted area

Ny nacotle hoight

h“ « nacelle width

2-22
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2.6.3

2. 6.4

Pylong. External tank

P D, <4.0)

Cow= Krs Cw)

o
il

whero
I. p = pylon length (span)
Dy = tank diameter
C pw = pylon chord length at wing
Cpt = pylon chord length at tank
kyg = wing rear spar location, demimal chord

Cyt =wing chord at tank location
Lt = external tank length

Pylons, Wing mounted engines

Lp = De
Cow=  Krs (Cwe)
Cpo= -7 (Lg
ng * ng 1.5
where:

Lp = vylon length (span)

De =engine diameter

prz- pylon chord at wing

Cpe = pylon chord at engine

Cywe = Wing chord at engine location
Lg -engine length

t

¢ - bylon thickness ratio

2-23



T GUENERAL GEOMETRY,

Area of Exposed Wing

C +C ¢ +C
S\n;=(-§—2-9-><bx)<2)+( b ‘) (bg)(2)

\

Wing Wettod Area

. 3 1.5
Sww ® Syx @ 1 ltgy) D

whore:
Swx - planform oxposed area of the wing
Spw + exposed total wetted area of wing

Cg = wing chord at side of body

Cp - wing chord at planform break

Cy - wing chord at tip

by - span per sido of inboard section wing
b, - span per side of outboard section wing
tom - Wing thickness ratio at MAC

Total wottod aroa is the sum of the various components,

2.8 SIMPLIFIED LOADS, These equations are supplied to provide order of mag-
nitudo vadues used in the "start-up" mode.

Force Coofficiont Slopos
1.5 (A{\'r )

™ = [T | L —
ng TE A

¢, = ()6 +3.15<;‘l.>
[+ 4 (]_ + ) W

v A
w

C,, - rate of chango of normal forco coefficient (Z direction) with
angle of attack (1ift curve slopo),

C,, = mato of change of normal force coefficiont (Y direction) with
angle of yaw,

2-24



Lo

AR = vertical tadl aspect ratio
ARW = wing aspect ratio
S, = horizontal tuil arca (includes projected area in fuselage)

S = reference wing area

Gust Load Factor (if groater than maneuver)

Nz = 1.5 +ANg)
g
2V, UC, K
aNg= P72 Vet g (Ref. MIL-A-8861)
W /s )

where:

Nzg = ultimate gust load factor

ANg = limit value of gust incroment

o - alr density in mass units

Vg =~ voloeity for maximum dynamic pressure

U - dosign pust veloeity

C = lift curve slope

Yo
v .88 ()
v = (5.3 +u)
u _ W/s
@/2@NCNC, )

W/s = wing loading

g = gravitational acceleration constant

c = average chord of wing

2=-20



Design Tail Loads
Vortical

Fy = Cay (O (Ve)(Sy)/841

Fy = .22 (cn/})(vm)z(sv)/w

th = C““h () (Vg) (Sp)/841

Fp, = 47 (€ ) (V)2 (8,)/841

1

\uh
F, = 1.8 (Greaterof F, or Fy )
h\. Ne hm

where:
FVg = vortical tail design gust load, limit
va ~ vortical tail dosign manouver load, Hmit
Fvu = vortical tail desjgn ultimate load
th = horizontal tafl design gust load, limit
Fh, = horizoutal tail design mancuver load, limit
th = horizontal tafl design ultimate load

Cn, = rate of change of normal force coofficient (Y direction)
with anglo of yaw,
Cn“’h = horfzontal tadl Jift curve slope

Vg = volocity for maxdmum dynamic preasuro

Vm = maximum manouver velocity

Sy vertieal tafl area
S - horizontal tail area
v = dosign gust veloceity

2-26



e g ¢

2.9 CRYOGENIC STRUCTURES AND TANKAGE. When cryogenic fuel vehicles are
L -ing analyzed it is presumed that the low density of the fuel will result in volumc
requircments such that fuel required will be the actual size determinant. The sizing
sequence begins by calculating the fuselage diameter as a function of the internal
passenger arrangement (see Figure 2-3 ).

2.9.1 Fuselage Length Calculations. Figure 2-4 is an illustration of the cryo-
genic fuselage model on which the analysis is based. Also shown are tae sequential
steps for calculating the major dimensions. The dimensions L, thru Lj are simply
a function of diameter and input fineness ratios as shown on Figure 2-4 , The other
dimensions, however, are a function of fuel volume required and the steps are as

follows.

1. The desired distribution of the required cryogenic fuel is input as percentages

of the total to:

a. Wing external

b. Wing intcrnal

c. Under floor fuselage
d. Forward fusclage

Aft fusclage

[¢]

2. The program logic then sizcs the tanks accordingly in th¢ sequence shown, but
with certain limitations as follows. The internal wing tanks are sized to hold
the requested amount. If the wing volume is too small, the residual requirement
13 added to the forward and aft fuselage tanks. Likewise, if the under floor fuel
tanks are to small to contain the requirement, the residual is added to the forward
and aft fuselage tanks in cqual increments.  The sizing oi the forward and aft
fuselage tanks is then accomplished.

3. The dimensions Ly, Lg and Lg of figure 2-4 are then calculated as that
sufficient for the volume plus a constant end clearance. In the case of dimwunsion
Lg, if the tank volume so dictates, the «. 1ension Lg is increased as required
to maintain side clecarance as well.

2.9.2 Cryogenic Fuel Tank Sizing. Two types of cryogenic tanks are provided for:
‘The first is a frustrum of a cone (or cylinder) capped on each end by an elliptical hem-
ispheroidal dome, This type is typified by the forward and aft body tanks in figure 2-4 .
A semi~monocoque structure i{s assumed. This type construction is also used in the
external wing tanks except that an aerodynamic fairing completely envelopes the fuel

tank,

The second type (figure 2-5 ) is a three lobe conventional membrane tank as described
in reference 2, This type construction is assumed for the internal wing tanks and the
fuselage underfloor tanks,
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_ 12+ ws (Npr) + wa(Na) +wd (Ns)

12
Npr =number of passengers per row Wq =8
Ng = number of aisles provided W =22
Ng =number of spacers =N, -1 W, =19

If Npp<6, Ny =1
N, =7to10, Ny =2
If Npp 2 11, N =3

Figure 2-3 Fuselage Width Calculations
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Table 2-3 is a directory of which subroutines are used in sizing and wcighing of
cach tank and a paragraph refercnce telling where the procedures are described.
Due to this integrated nature of some of the procedures (weights and geometry
together) all the weight equations are described as well,

2.9 . Subroutipe TDOME, This routine calculates the skin thickness of an
cllipitcal hemispheroidal dome. The thickness is calculated from the basic stress

rclationship:

, - Pa?
2bo
where:
a = radius of dome
b = height of dome
o = designultimate stress
P = internal pressure

A minimum gage is assumed to correspond to typical mamfacturing gages. A 20%
safety factor is also assumed.

2.9.4  Subroutine TFRUS. This routine calculates the equivalent skin/stringer
thickness for a frustrum or cylinder. Additionally, a description of the required
fraines and thelr spacing is generated. The skin thickness is initially calculated
from the equation:

¢ = PR cos o
o]

ro: PRV VR
largest radius of frustrum of

i

internal pressurc

fl

design altimate stress

R a v
n

fl

angle of inclination of frustrum sides

A minimum gage is assumed to correspond to typical mamfacturing gages. An
integral stiffened stringer i8 assumed with a web thickness wjual to twice the skin
thickness and a web height cqual to thirty times the skin thickness. The stringer
spacing is equal to the web height divided by 0.8567. The equivalent skin/stringer
thickness (TBAR) is8 defined as:
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Tuble 2-3  Directory of Routtnes - Cryogenic Tunk Sizing

The weight and geometry
of these tanks

are computed using
these subroutines

v ( Paragraph)

TDOME 2.9.3
TFRUS 2.9.4
FUSV 2.9.5
DOMEV 2,9.5
DOMES 2.9.7
FUSS 2.9.8
NOFD 2.9.9
NOFF 2.9.10
TLTT 2.9.11
TLTG 2.9.12
TLTW 2,9.13
\VSUM 2,9.15
FBT 2.9, 14
BBT 2.9.14
ABT 2.9.14
WIT 2.9.14
ETT 2.9.14

Fwd Aft Under| Wing Wing
Body Body Floor | Inter. | Exter.
Tank Tank Tank | Tank Tank
X X X
X X X X
X X X
X X X
X X X
X X X
X X X
X X X
X
X X
X X
X X X X X
X
X
X
X
X
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Utilizing these assumptions the material stress (s calculated assuming a combined
loading condition and employing the Heacky-Von Mises theory:

-
o, Viow® + ) Og) * C)°

where:
= 2B ___ _
% T- Ag /Bs hoop stress
= + + =
"a °L cp am axial stress
and whore.

op =[(k) (W (N))/ 27 (r) () ]
op =[O RV/ 2() ]

o = [(Wp (L) (8) (m ) (1))
W‘ = welght of fuel in tank

N' = flight design load factor

p = pressure
R =largest radius
= gmallest radius
= gquivalent skin/stringer thickness
A' = area of stringor
bu = gtringor spacing
L - longth of cylinder/frustrum

r
t
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The stress in the material 1s compared to the ultimate stress allowed in the material.
If the two values are not within 5 of one another, the skin gage is revised to bring
these values withir the 5% acceptable 1imit, € minimum skin gage has been achieved,
but this 5% acceptable limit hes not, the minlium 3kin gage takes prefe-cnce and

the material stress will be less than the ultimate stress by more than 5% value.

The frame spacing for this skin/stringer combination is calculated assuming that both
the skin and the stringers will buckle at the same time under siress - thus tuis is
theoretically the max*mum frame spacing.

bf =

maximum frame spacing
E = modulus of clasticity
Icp = buckling stress
Io = skin + stringer area moment of inertia
Ao = skin * stringer cross scctional arva

The theoretical frame dimensions arce calculated in the following manners:

.25
4

. ( f)('»\ ) L /df)

¢ ( K ) 01 .3_)

where:

be = frame cap width
Cf = frame stiffness coeffictent
Wt = welght of fuel
L = length of cyliader or frust.umn
df = frame dlameter
st = frame spacing
E = modulus of olasticity - tension
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and

t = bc/30'° = thickness of cap

tw = (bc/60.0)1. 30 = thickness web

=2
i

2.5 (bc) = frame height

b, (@ hftc)a - (hf)a (b -t )
If = 12 = area moment of inertia of the frame

The number of frame splices is calculated as shown:

21 1/240

]

N
8

radius of frame

r

The length of each splice is calculated as:

L, = 4D) 0y
where:
Df <= diameter of fastener
Nf = 10 = (mmber of fasteners)

Then the volume of the splices ls:

Vo= N(L)@+b +t)

Additlonslly, this routine prints out a summary of the skin/stringer geometry and
stress data, general frame and splice data and individual frame and splice data.
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2.9.5 Subroutine FUSV. This routine calculates the volume of a frustrum of a cone.

\Y ¢ = EAI + 4An + A2 } = volume
where:

A1 = area at onc end

A2 = area at other end

An = area midway between ends

h = length (distance between ends)

2.9.6  Subroutine DOMEV. This routinc calculates the volume of an elliptical
hcemispheroid.

vy = 285m e ®

where:
\Y 4 - volume of an elliptical hemispheroid
r = radius of an elliptical hemisphervid
h = height of an elliptical hemispheroid

2.9.7 Subroutine DOMES. This routine calculates the surface arca of an elliptical
hemispherold.

2
8 °© ”[ R+ 2(A) (LogQHmA/l-A»]
whore:
S q surface area of an elliptical hemispheroid
Ay SR of
and:
= radius of an ellipticas enispheroid
H = hoight of an elliptical hemispheroid
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2.9.8 Subroutine FUSS. This routine culculates the surface area of a frustrum
of a cone.

S = m®* R/ H° + R, - Ry)?
where:

Sf = gurface area of a frustrum of a cone

Rl = large radius of a frustrum of a cone

R2 = small radius of a frustrum of a cone

H = height of a frustrum of a cone

2.9.9 Subroutine NOFD. This routine calculaies typical non-optimum factors
associated with the mamfacturc of an elliptical hemispherical dome, The non-optimum
factors calculated are:

1. Non-optimum factor assocliated with machining tolerance on dome bulkhcads:
a manufacturing tolerance of .0381 ¢cm (0. 015 inches) is assumed.

2. Non-optimum factor associated with weld lands between gore sections of
dome: a constant factor of 1,065 (s assumed.

3. Nen-optimum factor associated with the pressure discontinuity load on dome

4. Non-optimum factor associuted with access cutouts in dome cutout: a
circular cutout with a radius of 45,72 CM (18 inches) iIs assumed. Addi-
tionally, the woight increment penalty is assumed to be seven times the
welght of the cutout.

5. Non-optimum factor agsociated with attach ring on dome bulkhead: a
constant factor of 1. 255 is assumed. This factor is composed of a
non-optimum factor for the adapter ring (1.075), for the bulldup from the
dome/cylinder Intorface to the ring (1.085), for the cxtension of stringers
from cylinder to ring (1. 115) and for the taper roundout from ring to dome
(1.03).

v 9,10 Subroutine NOFF. This routine calculates typical non-optimum factors
associated with the manufacture of a frustrum of a cone, or a cylinder. The non-
optimium factors calculated are:

1 Non-optimum factor assoclated with mnnufacmrln:g mismatch tolerance on
barrel stringers: a mismatch tolernnce of . 0381 cm (. 016 inches) on each
side of the stringer s assumed.

2-36



2. 9“1

Non-optimum factor associated with machining tolerance on stringers in
barrel svction: a tolerance is assumod (over stress gage) of . 0381 om
(. 015 inches),

Non-optimum factor associated with filet radius of .3175 cm (0. 125 Inches)
is agsumed.

Non-optimum factor associated with weld lands botween skin panels of

barrel section: a maximum pancl width of 215.9 cm (85 inches) is assumed

to determine number of circumforvential welds while the number of longitudinal
welds is assumed to be 3 for a circumference of 18,36 meters (60 feet)

or less and 4 for any grcater circumference,

Non-~optimum factor assoclated with step-gaging of barrel skins: a constant
factor of 1.07 is assumed (i.o. panel is of constant thickness).

Non-optimum factor associated with pressure discontinuity loads on barrel.
Non-optimum factor assoclated with frame pads on barrel.

Subroutine TLTT. This routine computes the skin thickness required for

three lobe tunks.

where:

p

Q

a

* pressuro

= tank lobe dimumoter

= allowable streas

L1 g ~ | ——————e— ' mp— v w—— = b —— W e —————— v ——



2.9.1? Subroutine TL.TG. This routine calculates the volume of a three-lobe
conveitional membrane tank. The tank volume is calculated in the following manner:

2 (N2 A
Tank volume & (L-a) Y 61 - 4 |cos 2 )+cos (T)

d

+(N;-1) V3FN; @R * (Np-1)/S= Np (2 - Np)

3
na 3 2 2 1 3 3
4 m——— - - 3~ 3- 4 - _N . -
v Gl [(? N+ (3-N,) ] . [(3 P - BNy ] }

The volume enclosed by the storage void envelope is

, . 12
Void volume = 2 alL (Nl + Np)

The volumetric officiency is

Total tank volume
Void volume

Where ! variables are as shown in figure 2-5,

2.9.13 Subrouting TLTW, This routine calculates the weight of a three-lobe
conventional membrane tank, Thoe tank welght is calculated in the foliowing manner.

2 5
Taw ¢ ¢ - -
2 NNy 2 €08 \'2 2

+ /(Nlﬂl) 3+ N1 (Z-Nl) ! ‘/(N2-1) 3+ N2 (2-—N2)




mod e T T -

Figure 2-5 Three-lobe Conventional Membrane Tank

whore:

ww = tank material density
t = tank skin gage
Other symbols as shown on figure 2-5

2,9.14 Weight and Volume Driver Routines. The routines named FBT, BBT, ABT,
WIT, and ETT apply to, respectively, the forward body tank, under-floor tanks, aft
body tank, wing internal tanks, and the wing oxternal tanks. These routines act

only as drivers, calling up the othor subroutines which do the calculations. See the
directory, table 2-3 , to find wheve the individual subroutines are discussed.

2.9.15 Subroutine WSUM. This subroutine calculates the insulation weight for
cryogenic tanks. It sums the surface areas of tanks previously calculated and
nultiplics by a thickness and density from input data.

Wl = (8p) (t) (Fy)
where:
R )
s, = total surface area of oryogenic tanks ONGN%S\?:’ LY
oF POV
Ti = {nsulation thickmss
P, = insulation density

i

‘The subroutine also sums the total tank weight to computo the mass fraction.
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SECTION 3

WEIGHT ANALYSIS

This scction describes the weight equations that are needed to produce a group weight
statement, loadings for computing design weights iteratively, and sufficlent data to
provide mass distribution used in the loads programs, The equations are relatively
simple types that one normally uses in scaling equations where minimal design data is
available. The equations are generally empirical but in some cases are based on ana-
lytical techniques with empirically derived coefficients. The nomenclature and weight
definitions generally follow those of MIL-STD-1374,

3.1 WING WEIGHT . Three wing weight methods are provided, the selection being made by
assigning a value (via input) to one of the coefficients. The first method (Green method des~
eribed in Section 3.1.1)is based onthe workof G. G. Green (see Note 1) and takes Into account
varying amounts of relieving loads and the attendant wing weight reductions. The second me~
thod (alternate method described in Section 3. 1. 2) is a purely empirical procedure based on an
extensive regression fit of more than 100 aircraft wings of widely divergent characteristics,
Although insensitive to certain design considerations, it has been shown to provide excellent
scaling effects for variations in the included parameters, especially when calibratedtoa
known starting point. The third method (described in Section 3. 1. 3) is a multi~station analysis
with simplified expressions for approximating external loads and allowable stresses. This
method also considers concentrated and distributed relievingloads.

3.1.1 The Green Method, This method calculates separately the wing box (with
increments for expanded root thickness, etc.), the leading and trailing edge weight,
flap weight, and spoiler weight (if used). It uses an equivalent bending stress level
based on an approximate bending moment at the side of the body, computed as follows:

Approximate Root Bending Moment

- N W, Cp-Yb)_ . ( PXA )
b= 9 cos A cos

where:
N, ~ ultimate flight design load factor
Wt = design takeoff gross weight
Cp = gpanwise center of pressure =,43 semi-span
Yb = span station, side of body
TPy = sum of relieving moments
A = mid chord sweep angle

1(}roeu, G. G., "Derivation of a Formula for Estimating Wing Weight, ' Consolidated
Vultee Afrcraft Corporation Report ZW-018, March 1945,




Bending Load Intensity Factor

b o b
¢ 0.85 (t,)(Cp)
where:
Mb = approximate root bending moment
tb = box thickness at side of body
cb = box chord at side of body

Equivalent Allowable Bending Streas Level and Coefficient

63,000 (P,)

le (P_ + 3000) (Figure 3-1)

2,215 )
(2- 935 (Figure 3-2)

s/
]
B

as defined above

equivalent allowable bending stress level

P
]

C 0 = coefficient

Basic Wing Equation

(3 +1) (Cq) (SW) (Npwg) 2
Ww, T @+n+CN, (341

e 2z
B

WaRL? 5 Py’
B+ (C) (Ng) | I/R+1 “gog2A

b t 3 + N 2
p [G+D + CN (3419

w

Y%
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Pc /1000 (kg/CM)
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k = 63000 S -
/ p— | — —
k = 57€00
= 4 /// 6.812 3
& ¢ 0) 7 . g
(=4 Q
£/ g
S /[ <
«? (20 1.406 *
‘l
<
)
<
(0) 0
(0) (10) (20) (30) (+0) (50)
R/1000 (1b/in)

Figure 3-1 RootBencingStress Versus Chord Loading (Bending Cover)
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Figure 3-2 Stress Level Coefficiont Versus Root Bending Stress
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=

-

o *

o]

1

€,

2
25 C2(Nz) (wd RL

basic leading edge weight

basic structural box weight

basic wing weight excluding special penalties

: wing area

- ultimate flight design load factor

- flight design gross weight

- wing semispan/cosine sweep angle (mid-chord)

mid-chord sweep angle
relieving load

spanwige distance to relieving load from centerline

- thickness coefficient (Figure 3-3 )

ratio of tip thickness to thickness at side of body

2
. P ! k
@) [Cl(sw)mzwd) 4, 1/Rer -2 cos’A )]
+ W =
w w C,N
lu b (3+1) + 2z (.34 L2)

ratio of center of pressure location to semispan (Figure 8«4 )

box thickness at side of body
input coefficient

input coefficient

The basic box structure (wy,,,) is that calculated by the right side portion of the above
equation, In order to compute an increment for expanded root thickness, an equation

is provided to approximate the spanwise distribution of the wing box weight:

wnb = wwb(

2n,
17,
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where:

LA = box weight inboard of the thickness break
Wab = total wing box weight
LS = decimal semispan of location of break

- (2 ".)
ns wb { —=
lms

where:
Wos = box weight inboard of side of body
ﬂs = decimal semispan of location side of body

Expanded Thickness Increment

t ta .8
WAL .5(wnb-wn8)<ti-- 1)+ (wns) (_t—> -1} (Figure 3=5 )
8x \ sx
where:
ts = thickness side of body for basic trapezoid wing
t.x = thickness side of body after thickness expansion
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Basic Wing Weight (Including corrections for special penaltivs)

“ow b1 (kpl) ¥ (kp.‘a)

where:
wbw = basic wing woight with special peanlties
wb1 ~ basic wing weight without special penalties
kpl - input coefficient for special penalties (savings)
kp2 = input constant penalty for special fentures

Secondary Structure Weight

w82= .()Swwb

Flap Weight (Figure 38=8 )

w. S C .57 .228 M 6
~ T f °f 1 f f
w’f"- kf 5 t/c) .54.3—;—+.2 ':¥—7_
S (10) (Vo) -9 '
“V
wherec:
k ¢ = flap configuration factor
Wy - design takeoff weight
) £ - flap area
Cf = flap chord
S = wing ares
w wing area
(t/'c)f : wing thickness ratio at conter of flap
M £ - ratio fowler motion to flap chord
6 ¢ = flap deflection in degrees

The last major element of the above equation wus added to provide some weight sensi-
tivity for fowler motion and deflection. The term is based on studies indicating that,
based on a flap with 50 pereent fowler motion and 37 degree deflection, approximately

30 percent of the weight varies with fowler motion and 20 percent varies with deflection,
In addition, differences in flap configuration are accounted for by selections of the
cocefficient k .,

{
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Leading Edge High Lift Device Weight (IMigure 3-7 )

N w3
w =k z T s 1.081
led led L1ooo s led
“I
where:
t . = ultimate maneuver load factor
W = design take-off weight
SW = wing area
Sle d = arca of leading edge high lift device
Kle d = input coefficient (see Figure 3-7 )

Spoiler Weight (Figure 3-8 )

w_ L -569 .228
w =k _T sp [C jl.139 1
sp 8p 10008 sp [(t/c)sp]
where:
W = design takeoff weight
ap = gpanwise length of spoiler
Sw wing area
ap spoiler chord length
(t/c).p wing thickness ratio at center of spoiler
ksp input cocfficient (Figure 3-8 )

Wing Fold Weight

kfold b
Cora ~ Cr [1 ~Keora - "’]
Yol T ' [1 " Keora 4 " ‘t’] .
D
We g =10 (107°) [Nzwd P K e 10

tfold
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k = wing fold location, decimal semi-span

b = wing span
= wing chord at the fold line

C = wing chord at the root

A = wing taper ratio

tfol a - wing thickness at the fold line
t;r = wing thickness at the root
tt = wing thickness at the tip
wfol q = Wing fold weight penalty
I\z = ultimate flight design load factor

W, = flight design gross weight

Tota] Wing Weight

= + +w, + +w + W
w w w w, +w w fold

w bw 82 f led 8sp

where:

(All values as defined above)

3.1.2 Alternate Wing Weight Equation

w N\ "°2 4
d z N .47 (1Y
“wa kwa (1000) (w) (&) ( c) (FA) " Viw

(Figure 3-9 )

where
w d = flight design gross weight
Nz = ultimate flight design load factor
SW = wing area
Y. = wing aspect ratio
A = wing taper ratio
3-14
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t/c = wing thickness ratio at the root

kwa =  input coefficient (Figure 3-9)
A =  sweep of wing mid chord line
W = input weight increment for any special feature
1
= ] + L)
FA $+.17 (cos A)

3.1.3 Multi-station Analysis Method. = This method performs shear and moment
computations at each rib station, estimates allowable stresses, computes material
required (separately for ribs, box cap material, and shear webs) and Integrates the
results. The weights of leading and trailing edge items are obtained by an empirical
equation. The analysis begins at the tip and integrates inboard, The sequential steps
are as follows.

3.1.3.1 Rib Spacing, Rib spacing is calculated as a function of the wing thickness,
beginning at the tip (yy = semi-span)

[ 2
S, =\[(t,_,) + 256

where:

-
il

wing thickness at wing station yi_1

wl
]

space between ribs at A and Yia

3.1.3.2 Net Wing Airloads. Net wing airloads are estimated by an expression
which assumes a distribution midway between elliptical and planform shape. This
distribution is further modified by an empirical expression to account for the inboard
shift of the center of pressure of swept wings under load. A '"net airloads' empirical
expression provides for addition of horizontal tail loads and also relief due to the
wing structure weight, (Relioving loads due to concentrated items or distributed

fuel are handled separately by analytical procedures.)

o Npayg @) [& . i ]

n b n (1-A) 1-1M) (1-X)
where:
tn = unit airload at span station 7
W
N d = Nz( ';9-) = ultimate load factor applied to air load
m
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= [w -.12(w,)] (1+.0125 N ) = net max air load
m d z
= ultimate vertical load factor at w des
= flight design gross weight
=  maximum flight design gross weighi
= 2= ryt 271(rA - 1) = sweep unloading factor
cos A

A % oshA
co8 & 425

= relative sweep ratio

=  wing span station, decimal semi-span
A = wing taper ratio
b =  wing span

3.1.3.3 Wing Fuel Relief. wWing fuel relief loads are assumed to be distributed
linearly between the inboard and outboard fuel boundaries.

3.,1.3.4 Concentrated Relief Loads. Concentrated relief loads are calculated for;
(per side in each case) one main landing gear station, if wing mounted, two engine
stations, and one external tank station.

3.1,3.5 Shear and Bending Moments. Shear and bending moments are obtained by
integration of the preceding loads from the tip inboard to the particular station,

3.1.3.6 Bending Material Weight, Bending material weight is obtained by integration
of the following:

=0 4M) 6) @)

w, = 1.449 3
A
b yob/e ) (£,) cos A

where:

=
{

bending moment at span station yi

Sr =Yg - yi = rib spacing to next cutboard rib
P =  material density

ti =  wing thickness at span station A

Ab =  sweep angle of the 42,5% chord

fb =  allewable bending str~8s - section average
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The allowable bending stresses are developed from the following relationships .

S ( &/ )2)'
r 1+ c
t, = equivalent minimum gage = .00126 (cos A) t/c

25

R = equivalent running load (buckling) = 60,000 (tm)
.Mi
Mc = applied running load = ‘9“1) (.45 ci) (cos Ab)
60000 (MC)
L 7 TRewm
c

3.1.3.7 Shear Material Weight., Shear material weight is obtained by integration
of the following:

y=0  4(V) )

v ks y2=:b/2 cos A'b
where
Vi = shear at span station A
Sr = yi_1 - yi = rib spacing to next outboard rib
Ab = sweep angil: of 42.55% chord
k = 40.56 (10 ")/(t/c)’

3.1,3.8 Rib Material. Rib material weight is estimated by the following expressions
which first estimate a minimum weight based on minimum practical gages and rib
dimensions and then adds incremental weights for loads.

wr - 1,841 (Pg + Pl,) = weight of rib

where

rib geometric weight parameter

PL - rib load weight paramete:
-6 L2 - . . B
Pg = [5.568 (10 ) (1 + t/e) (t/e) ¥ 4 7,584 @0™% @ + t/c)z (t/c) 5] ¢?
2
| W ()
3 . -6 m
PL = ,0304 (10 )[ " ]
w
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t/c = wing section thickness ratio

W maximum design gross weight

c = wing chord at that span station

‘w . wing max thickness at that span station

Rib weights are calculated individually and integrated over the span from tip to root.

3.1.3.9 Leading and Trailiug Edge Materjal. Leading and trailing edge material is
estimated by an empirical expression whose parameters reflect the fact that the com-~

plexity of high lift devices (the major contributor) is a function of the span loading of
the wing,

W
Wit =057 (S (——)

where:
Sy = wing area

it

Wm maximum design gross weight

b

wing span

HORIZONTAL TAIL WEIGHT (Figure 3-10 )

539 .692
) 469
- 00563 (C)w ) O sy Y0 B 1
h' T d t/¢

[
[~

" h coszA
where
Ch = calibration cocefficient input (nominal value 1,0)
w d flight design gross weight
8b = horizontal tafl arw
A, - horizonta] tail agpect ratio
A horizonta! tail area mid~chord sweep angle
A = horizontal tail taper ratio
t/¢ = horizontal tail root thickness ratio
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3.3 VERTICAL TAIL WLIGHT (Figure 3-11 )

AR ‘).35 <1+)‘\.5

- .333 ., .7 .43
wv—.0909 (Cv)(w(? (Sy) ( t,/c/ (1+0)

cos:3 A
where:
Cv = calibration coefficient input (nominal value 1,0)
Yy = flight design gross weight
Sv = vertical tail area
AR, = vertical tail aspect ratio
A = vertical tail mid-chord sweep angle
A = vertical tail taper ratio
t/c = vertical fail root thickness ratio
] = horizontal tail location, decimal span of vertical tail
3.4 BODY WEIGHT

Body Weight For Nose Gear Catapult

w = 4,03 (1076)(W, )(Ly, +0.2hy,! 1‘% )
where:
e = body weight for nose gear caiapult loads
Wm maximum flight acsign gross weight
Ln tvse landiny gear lengtn
hb = body depth
Lb = body length

Bodv Welght For Arresting Gear T oads

Ya - 36.9 (107 [ “'L‘Vso’2] o1
where:

wagl = body weight for arresting gear loads

WL = landing design gross weight

Vso = landing stall speed
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Total Body Weight (Figure 3-12 )

. .52 .33 .76 1.2
Wy, = Ky (N, 7 (W)™ )™ (g +bp) T+ Whe + Wag) + Wiy

where:

ky = input coefficient (Figure 3-12 )

Nz = ultimate flight design load factor

Wy = flight design gross weight

Lb = body length

hb = budy height

bb = body breadth

wnc = body weight for nose gear catapult loads

wagl = body weight for arresting gear loads

wib = input weight increment for any special feature
3.5 LANDING GEAR WEIGHT. Two methods are provided for landing gear

weight., A simplified equation requiring no dimensional data is provided for gross
scaling. It is shown in Paragraph 3.5.2. A more detailed method, in which
scveral components are calculated separately, is shown in the following paragraph.

3.0.1 landing Gear Component Weights

Mair Landin~ ear

75 Lm
Struts w_ =.,0032(F X8 ) (-—-—-)
—-— sm vim m ]
m
Drag Braces wdm = .,0026 (de)
) = , F
Attachments wam 003 ( vm)
= 000562 (N ) (E )'75
Brakes wbm = ,000562 ( wm (Jm
.5
w
Brake Mechanism w ='°(bm)(
rone Yechs mbm TN wm
wm
Tires W= .00 (N (w)) - - - (or input]
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rewiwt -

Wheels

.7

------

LT (N ) wim

wm wm' N  (1900)
wm

]

£
i

H

66
Retracting Mechanism w .5311.15 (w +w + W
mm ? [ ( sm am dm)]

where:

maq

AL

C £ 2 mm =z m p
= 8

:

“’
fm

Nose Landing Gear

Strut

Drag Brace

Attachments

Tires

ultimate vertical load per main gear
strcke of main atrut

length of main strut

ultimate design drag load for strut
number of main wheels

brake design energy for wheel
ultimate landing load factor

design landing weight

main wheel bead ledge diameter

- main wheel flange width

L
.75( n )
= 3 X & ——
wsn .0016 (Fvn %n) S
n
wdn = ,0013 (F dn)
w = ,0015 (F )
an vn
W = - = - i
tn . 0001 (NL) (wL) [ or input]



7

N R VA, o 3
Wheels Won .07 (hwn) N (1000) wn!
wn
: Yin
"""" (1 + —4—0-)— - - [or input]

.66
i = + + 3
Retracting Mechanism w n .53[1.3 (wsn wan w. )

Catapult Penalty

ch = 0,312 (Ln) +0.00223 (Wm)
where:
Fvn = ultimate vertical load for nose gear
5, = stroke of nose gear
Ln = length of nose strut
F dn = ultimate design drag load
NL = ultimate landing load factor
WL = landing design weight
Wm = maximum flight design gross weight
an = number of nose wheels
Dwn = nose wheel bead ledge diameter
wfn = nose wheel flange width

Arresting Gear

0.75
= 0, w
wag 0,05 ( L)
where:
Wag = arresting gear weight
WL = landing design weight

3.5.2 Simplified Method, Landing Gear Weight (Figure 3-13 )

21 .12
Wi TR By) (W)
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W = design landing weight
RM = ratio of max gross weight to landing weight
kL = coefficient (Figure 3-13)

3.6 SURFACE CONTROLS WEIGHT. An empirical method isg providing for
scaling, It depends primarily on size and shape parameters.

B8 .16
(Li+b ) ) (@
wsc=ksc Lb LL \;5 (Figure 3-14 )
(R)
where:
Lb = body length
bws = wing structural span
S = wing area
w
AR = wing aspect ratio
q = maximum dynamic pressure

The major factor in estimating surface controls weight, however, is identification of
the features used to provide control. This can be accounted for only by selection of
values for kge. The types of controls used varies widely from one aircraft to the

other. The following list is provided for estimating a value of l~:sc when a comparable
aircraft value is not available, In this application, kge 18 the sum of incremental

values selected from the following list, Ak

Surface Control System 8C

Flight Controls
Ailerons . 065
Elevons . 045
Spoilers .035
Rudder .035
Elowator 040
Unit Horizontal Tail .125
Adjustable Stabilizer .010

Speed Brakes (separate) . N30
High Lift Systems

Hinged Flaps . 045
Fowler Flaps .085
Articulated I'lup Vanes . 010
Hinged Leading Edge . 080
Translating Slats .075
Krueger Flaps (simple) . 065
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3.7 NACELLES AND PYLONS.

3.7.1 Nacelle Weight. An emrvirical expression using weight of nacelle contents and
nacelle dimensions is used to obtain nacelle weight.

k_(w )S)(R,) - .59
wn=35.45(Nn)[ E _nc n d] ——- [orlnput}

10, 000
where:
N, = pumber of nacelles
wpe = Weight of nacelle contents
Sn = wetted area of nacelle surface
R4 = factor for non-circularity; ratio of height to width (or reverse,
whichever is greater)
Wne = 1.1x engine weight (times 2 if siamese engines)
ke = engine type coefficient

1. 0 for single subsonic turbo-jet

i

il

2. 33 for single subsonic turbofan
2, 15 for single supersonic turbo-jet

f

[}

0. 32 for siamese subsonic turbo-jet

#

1. 00 for sfamese subsonic turbo-fan

3.7.2  Pylon Weights. Two empirical equations are provided, one for single engine
nacelles and one for siamese engine installation.

Single Engine for Pylon

. 962 .381

k (N ) w ) (L)®D)

n
Wp = 24. 11 (Np) [ 3 Sp

(10) cos A
p
Siamese Engine Pylons
. 693
(N) (W, ) (S) ’
wp = 340,26 (Np) [ ]

6
107 (cos A
( p)
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where:

Np number of pylons for aireraft
N, = ultimate flight load factor
Wne - weight of nacelle contents

Sp planform area of pylon

L, nacelle length

D, nacelle equivalent diameter

Ap = sweep of pylon leading edge (measured from vertical)

kp - 1,46 for commercial transports, 1.0 for military
?.8 PROPULSION SYSTEMS WEIGHT. Engine sizing is accom,lished in program
GEOM, Overlay (WU, 1, 1). The output from that program deiines an engine weight
coefficient. The main engine weight is therefore determined by multiplying that

coefficient by a reference engine weight. If engine weight is input, that value is used
instead.

w = k W

€ eng( R )

eng
We = total engine weight
= ff;

ong engine scaling coefficient

WR = reference engine weight
eng

3.8.1 Propulsion Sub-systems. The propulsion systems weights are computed in
Overlay (WU, 1, 2) using the following empirical equations. In most cases, provision
is made for inputting fixed values which add to or replace that computed by coefficient.
These are of the form

y =ky () +ky
This form allows the user to input a fixed value by inputting a finite value for ko and
zero for ky. It obviously can also be used to vary part of ‘he weight and fix part of

the weight. The equations for the various sub-systems are as follows:

Thrust Reversers

.88
w, . Ng [ky (Tg/10,000)" " +k, ]
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T T ke - -y WW

Exhaust Systcms

B .52
Wox Ky We) vk,
Inlet Systems
Y
Wi = k5 (We) = k6

Cooling Systems

W, = Ky (Te) (N,) + kg

Lubricating System

. .78
Wy, = Xg (we) + klO

Starting Systems

.65
Wst = kll (We) + klz

Engine Controls

Wee = K13 g + .3 (Lp)] (Np) + kyg

where:
Ne number of engines
Te - thrust for engine
We - total engine weight
Ye = lateral distance engines from centerline
Ly - body length

kqe*+kyy = coetficients

3.8.2 Fuel System Weight. All the fuel system weight 18 computed in Overlay
(WU. 1, 2) except the cryogenic tanks and insulation which is computed in Overlay
(WU, 1, 5). Fuel system plumbing, controls, etc. are calculated by one of the three
following equations:

JP Fuels

.386_ .53 _ .138
Wep = 2.471 (T,) Gme)" )
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LH, Fuel
.75 o 038 . 825 .739
Wip ~ 0.01569 (Ty) r1.742(Tg) (N (N

Methane Fuel

.15 .38 .825 .739
Wip 0. 01267 (Ty) + 5,221 (T,) (Ng) (Ny)
where:
Te = thrust per engine
T, = total thrust
Ne - number of engines
N¢ = number of fuel tanks

Explosion Suppressant System

Wag = K1 (W)

where:
Wio weight of fuel in protected cells
kq coefficient

3.8.3 Cryogenic Tankage Weight. When cryogenic fuels are used, the volume
required for fuel is 1 major determinant in the vehicle size and shape cquations.
Therefore both the weight and dimensional caleulations are made in the geometry
scction of the program, paragraph 2. 9,

3.9 AIRCRAFT SYSTEMS WEIGHT. Most of the aircraft systems weights are
approximated as functions of simple parameters for sealing, Through the use of the
cquation form

w=a" f(P)+b

it is also poasible to input a fixed valuc (b) by makiny the coefficient a = 0,0. Obviously.
it also providee for a partially fixed and partially variable form.
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Auxiliary Power Unit W = kl (wE)'18 + k

2
Instruments WI = k3(.00224)(wd) +k4
Electrical System w =k (w, + W )'473
e ks fs av +k6
. _ 1.165
Furnishings w - k7 (wpl) + ks (Np) 4 kg
. 72
Air Conditioning System = Lew N ) P+ k
i ac klo(wav) +k11 (W) sr)J 12
95
Anti-icing Systems = d
g System Vai " Kig By Tk,
Auxiliary Gear wax = kls(wt) +k19
1 F: =
Unusable Fuel W k1 6 (wF)
. . 26
E = ’
ngine Oil W, k17 (wE)
Cryogenic Boil-off Wop ™ k1 8 (wF)
where: wp = weight of engines
wy = flight decign gross weight
wfs = weigh. of fuel system less tanks
e © weight of avionics
wpl = weight of mission payload
Np = number of passengers
LA design takeoff weight
W, ° body width
Nsr = number of passenger seat rows
w2 - wing span along 50% chord
w = welght of fuel

“‘
%k = . {
l:c1 k19 input coefficients

llydraulic Systems

. q\1.3125 849
w o s _ 1.00125]
n % [(1000 ] iy thyy) * Ky
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where: Ss = sum of wing, horizontal, and vertical tail areas

q = degign maximum dynamic pressure
Lb = body length
w2 = wing span along 50% chord

& = g
kh khi input coeificients

The following itemns necessary to complete the weights are not computed but must be
input as a constant.

Avionics System

Armament and armament brovisions
Crew

Oxygen

Survival gear

Miezellaneous, cargo handling, etc.

3-35




R L

C =&

SECTION 4
BALANCE ANALYSIS

A preliminary balance calculation is performed in order to properly locate the wing,
fuselage, and ceriain other major masses relative to each other., The locations thus
determined establish the gene_al arrangement of the vehicle; that is, the components
are located to achieve a balance (operating weight empty cg.) at a designated position
relati-¢ to the wing. That point is defined by input in the form of percent wing mean
aerocnamic cho:* with a default value of 25 percent. After all detailed geometry is
created. (Sectionz,0) a more detailed balance computation is conducted as a by-

prodw { o the mags distribution and moment of inertia calculation(Section 5,0). These
mor: refined data are used in the loads (Section 7.0) and stress analyses (Section 8.0).

4.1 PRELIMINARY BALANCE. The preliminary balence is performed as part of
wie weight/sizing/balance loop to ensure overall consistency as the iteration closes in
on a design, Therefore it ia necessary to vary locations of al: components as a
function of the major dimensions of the vehicle so that wing relocations can be accom-
plished iteratively.

The program provides for separation of all weight items into two categories, (1) wing
and contents and (2) body and contents. The term "and contents' means all items
which move (or remain fixed) with that component regardless of where it is actually
attached. TFor example the main landing gear must be located relative to the c.g.
which is located relative to the wing, Therefore the main landing gear is included

in the "wing and contents' regardless of whether ii is to be physically attached to the
wing. Table 4-1 lists each mass component and tells how its location is determined
for balance calculation purposes. It also shows whether the item moves with the wing
or hody during sizing iterations. The program uses both wing mounted and/or body
mounted power plants, so duplicate handling of those components is provided.

The balance computations are based on moment arms about the aircraft r.ose (X station
= 0 at nose of the aircraft) and outputs the c¢.g. as inches from the nose. Itis also
shown as percent of mean aerodynamic chord (MAC). No vertical ¢.g. computations
are made in the preliminary balance since that data is not a major determinant of

any of the major characteristics of the aircratt,

Although the Operating Weight Empty c.g. is the point to which wing location is keyed,
the program continues and adds in the other components to calculate the c¢.g. at *he
Zero Fuel Weight condition and the Maximum Takeoff Wzigl:it Condition,

4,2 DETAILED BALANCE CALCULATION. A more detailed balance comp.tation
(including vertical c.g.) is conducted as a by-product of the mass distribution and
moment of inertia calculations. The process is described :n detail in Section 5,0,

but in summary form it consists of the following. Each mass item in the body ind
contents weight is distributed in accordance with a prescribed ""shape' and betwcen
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certain prescribed limits (body stations). The mass is then ''sliced" into one inch
slices and accumulated with other mass items gimilarly distributed. The resultant
slice data is then integrated into the appropriate ¢.g. and moment of inertia data,

The wing and contents weight (also horizontal and vertical tail) is similarly treated
except that instead of one inch slices stationwise, the weight is distributed into 9 panels
(per side) having equal spanwise dimensions, Certain items are accumulated as
concenwated loads (engines, nacelles,etc.). The result is a more refined balance,
including vertical c. g.
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SECTION 5
MASS DISTRIBUTION & INERTIA ANALYSIS

One of the most critical factors in aircraft design load determination is the weight of
the aircraft itself, and how that weight is distributed is of equal importance. This is
especially true of the designs in which a significant portion of the weight is carried in

or is distributed along the wing. In these cases the loads tend to be partially self
cancelling and at least have a minimal effect on critical design conditions. Also, if
aeroelastic loads are to he considered, it is quite necessary that the distribution of

the mass be known. To accomplish these ends a program was developed that system-
atically computes the required data using inputs provided from the weights and geometry

programs.

5.1 SUMMARY OF PURPOSES. The purposes of this program are to (1) prepare

all the mass properties (weights, centers of gravity, and moments of inertia) for the
complete aircraft (in four sequentially loaded steps), (2) to distribute the weights in
panels or nodes along the body axes and along the span dimension of the wing, horizontal
tail and vertical tail, (3) calculate the weights, center of gravity, and moments of inertia
of each of these panels/nodes/concentrated loads, and (4) store these data in arrays for
access by the loads program AELOADS,

5.2 OUTLINE OF OPERATIONS PERFORMED. The following sequential operations

are performed in MIPIMD (the specifics on how these are accomplished are discussed

in Section 5.3 ):

a. All operating weight empty items are distributed into appropriate node/panel

masses or into concentrated loads,

b. Separate data arrays are created for the wing, horizontal tail, vertical tail, body,
and concentrated loads, The body (and contents) array includes the following data

bits for each node:

1) Weight
2 X-cg
(3) Y -cg
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) Z-cg

) on
(6) on
7 Ioz

(8) Fuselage station of forward edge

¢. Calls subroutine ISUM which calculates the center of gravity (3 axes) and moments
of fnert : (three axes plus product X-Z) for the wing and contents, body and
contents, horizontal tail and contents, vertical tail and contents, and the total
aircraft (operating weight empty).

d. Stores these data in arrays for access by the loads program AELOADS,

e. Builds a maximur: centerline load case by calling body fuel distribution (BODFD)
and body payload (BODPL), creating arrays for each with the same data shown in
subparagraph (b) above,

f. Again calls subroutine ISUM and performs the same operations as subparagraph

(c) but for the maximum centerline load case.

g. Builds a full internal loading condition by calling for distribution of wing fuel
(WINGDR) and repeating the steps of subparagraphs (b) and (c).

h. Builds a maximum gross weight loading condition by calling up the external fuel
and again repeating the steps of subparagraphs (b) and (c).

5.3 MASS DISTRIBUTION LQUATIONS, Table 5-~1 shows the disposition

of each functional weight item, what procedure was used, and where that procedure is
described,

The distribution of weight along the wing is accomplished by subroutine WINGDR which
is discusied in paragraph 5.4 . The accumulation of certain items into concenirvated
masses is accomplished by subroutine CONMAS which is discussed in paragraph 5.5 .
The remaining iterms are distributed in the hody according to the following procedures.
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Table §-1 Mass Distribution Map

Distribution Code

Functional Weight ) 3| O

‘Wing + 50% surface controls
Hor. tail + 2% surface controls
Ver. Tail + 2% surface controls
Body + 46% surface controls X
Nose landing gear X
Main landing gear X
Nacelles and pylons X
Engines and propulsion subsystems X
JP fuel systems
Cryogenic fuel systems less tanks
Cryogenic tanks and insulation - fwd body
Cryogenic tanks and insulation - mid body X
Cryogenic tanks and insulation - aft body
Auxiliary power umit
Instruments - cockpit
Instruments - other
Electrical system
Hydraulics
Avionics
Armament
Furnishings
Air Conditioning
Auxiliary gear
Operating items
Body payload
Body fuel - fwd
Body fuel - mid
Body fuel - aft
Wing internal fuel X
Wing external tanks and pylons X
Wing external fuel X .

o %2

SAA

SR

s A

A A

P

Distribution Codes: Paragraph

(1) Spanwise using WINGDR 6.4
(2) Concentrated load uring subrouinte CONMAS 5.5
(3) Subroutine BODY 5.3
(4) Subroutine TRAPD-Rectangular distribution, defined length 5,3
(5 Subroutine TRAPD - Traperoidal distribution,

defined stations 5.3

A

v




The body weight i~ assumed to be distributed in accordance with a shape that is
parabolic on each end and trapezoidal (or rectangular) in a mid-section. A separatc
subroutine (BODY) (Figure 5-1 ) uses thc appropriate dimensions, weight and cg
location to derive the equations of distribution that satisfy those requirements, The
resultant equations are then vsed (by subroutine MDB) to distribute weight into one
inch segments along the body. The weight thus distributed includes 46 percent of the
surface controls weight as well, The remaining surface controls weight is distributed
with the wing (50%) and the horizontal and vertical tails (2% each).

Each of the remaining systems weights is distributed separately according to a
trapezoidal (or rectangular) distribution as derived by subroutine TRAPD (Figure 5-2 ).
The program supplies the total weight, its center of gravity, and either total length or
the stations between which it is to be distributed. If the total length is supplied, the
distribution is rectangular on each side of the center of gravity of the item. If the
terminating stations are supplied, the subroutine calculates a trapezoidal distribution

to satisfy the c.g. defined. The masses are then broken down accordingly and

distributed into onc-inch segments of the body between the limiting stations defined.

After all distributions have been conpleted, the body is divided into 30 nodes (29 of
equal number of integer inches in length and the remaining length in node 30). All
the individual segments are then integrated between the node limits to obtain the
necessary mass properties for each node (weight, 3 axis center of gravity, 3 axis

moments of inertia, and the fuselage staiion of the forward edge of the node),
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1
Tz

w1 weight per inch at x1 inches from reference
Wy welght per inch at x, inches from reference
x
w total weight =f 4w d
x X
X1
Reference
Datum
- ; -~
! -\\\‘
1 ® l
( _L

r_.

—-—_—xl’———;—.l

Y

x2

Figure 5-2 Subroutine TRAPD Distribution Model
Weight per inch at x 1 inches from reference sta.
Weight per inch at x 5 inches from reference sta,
Weight per inch at any station x,

X
Total weight = f w dx
x

X
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Hod Subruuting WINGDR, This subroutine provides mass distributdon data

for all afrfofl surface structures (wing, horizontal tails, vertical tails) and for fuol

or payload housed within the structure and distributed along the span,

5.4.1 Oporations performed, Tho fullowlng spocific operations are performed:

1. Dofines boundarics of panels (Figure 5-3 ) in such & w2\ u= to provide
oqually  spacad panels outbvand of the fuselage mumbered from
the tip toward the inboard) and, in the case of & wing vr horizontal
tafl, a tonth panel consisting of the carvvthrough structure (half)

from the side of the body to the conterline.

2. Distributes the weight of the surface structure (plus covtain distri-
buted systoms woights) into the varjous panels, assuming that half
the woiht s distributed in accordance with airload bonding para-
moters amd hadf the weight s a function of geometric sizo and shapo,

(Figure 5-4 ).

3. Cateulates and distributos the weipht of fnternal fue? as a funetion of
tank spanwise boundavies and relative incromental volumes of the
wing box for vach pnel,

4. Calculates the x, y, and 2 conter of gravity for vach olement,

8.  Calculates ovorall dimensions for each olemont and calls the moment
of fnertia subroutine (MIPD for accumudation into the afreraft momont

of fnertin, (See par. 5.6 )
6. Propares and stores the mass proportios data for oach panol in

appovopriate arvays (Fipiee 5-85 ),

5.4.2 Equatfons
5.4.2.1 Steuctural Wejght.  Ono-half the structural woight is distributed in

accordance with an cmpirical oquation which approximates the distribution of ajrload

bonding material in typical wang structures,
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Masgs Distribution Panel Definitions

. Contor. of Gravity Manel
Wolght X v Z N ,
D NO, Array Namos:
1
Wing structure PWE(10, 5
2 Horfzontad tadl structure HX(10, 5
T‘"' I N Vertieal tadl structure VN, 5)
: Wing internal fucl PWE WY, 5
4 Distributed pan load AWV, 6)
)
Q
7
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Figure 5-8 Mass Distribution Arrays

-8

e i



Typical Wing Vlanforms
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Figure 5-4  Distribution of Wing Wedght
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Y :
W : Yol A

z r
& wdy - :
p \‘ i o (A wh\ (A o)
ey
whero:
\\‘p = woeight distributed within 2 panel bounded by span stations v \ and v,
Wy = it value of spanwise distributed weight at any station,
V) = decimal semi-span at any statdon v,
A = constant basad on wing external peometry,
2(\ L‘r
R X - e for veriical tafls)
A g U F
Ce - adrfedl surface theoretical oot chond,
b ~  afrfoll surface span
\\‘s = structural weight of ove side of a wing or horirontal tafl, or total

weight of a vortical wil, Inecludos some systems, controls, ete,,

which are distribrtad along the span,

The remaining half of the structural wefpit s assumed to be proportional to the exposaed
area,  The weight is therefore distribuied i propottion to the product of the panel
width and the average chond,  The center of gravity of each panel is assumed o be

at mid-span, mid-chond, and mid-thichkness of each stiuetural panel,

[ PO Wing wmternal fuel weight,  The wing fuel weight is distributed between

the defined Doundieries in proportion wo the C-square rale, that s, a constant ¢ ‘¢
fx assumad and spars are assumed at constant pereent chonds,  Chercfore, the fuel
cruss soction dV oat any stadon v s proportionad to the chond times the thickness,

and since thichness is ¢ N toe, then dV is proportional to C squared,
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¥a
where:
We = weight of fuel in one panel element,
P
dv = differential volume at any station y

y; & Yy = spanwise stations at panel boundaries
C = wing chord at any station y.

The panel definitions are the same as those derived for the wing structure. When fuel
boundaries fall between panel edges, actual fuel boundaries establish fuel panel di-

mensions,

The center of gravity of each fuel element is assumed to be at mid-span, mid-thick-

ness, and at 42, 5% chord of each panel element,

5.5 Subroutine CONMAS This subroutine provides fur accumulation of cer-

tain items into corcentrated load elements to be used in the loads program,

5.5.1 Operations Performed. The following specific operations are performed:

1. Utilizes location data from the main program to sct up dimensjonal
arrays for computing composite center of gravity of all items accu-

mulated at a given station.

2. Utilizes number of engines on wing and number of pylons to determine

arrangements (siamese or single nacelles).

3. Distributes weight of engines, nacelles, pylons, and other power
plant related items to the proper stations (Figure 5-6 ) and separately

calculates the center of gravity (3 axes) for each weight used.

4, Accumulates weight and moments for each weight item at cach station

for determination of net station weight and center of gravity.
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Stations at which certain weight items may be accumulated

Legend

1 Nose gear
2/3 Main gear*
4/5 External fuel tanks
6/7 Not used
8/9 Inboard engihes
10/11 Outboard engines
12 Body centerline engine
13/14 Body aft side mounted cngines

* Located fn body if high wing counfiguration

Figure 5-6 Concentrated Load Points
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6. Calculates dimensjonnl characteristics of each weight componont
and calls the moment of inertia subroutino (MIPI) for accumulation

into the ajrceraft momont of incertia,

6. Roepeats above procedure for oxteral fuel taaks and pylons, nose

gear, and main landing gear.

5.6.2 Equations. The mathematics of the problem is simply one of summing
weights, calculating areas based on geometry, calculating momonts and sumniing
moments, The primary purpose of the subroutine is providing all the logic necossary

to satisfy the wide range of configuration options provided.

5.5.3 Related Operations.  The logic and oquations that assign these concentrated

loads to the apprupriate wing panel is found in the main program MIPIMD. That program

also performs the task of ercating the arrays in which the concentrated loads data are

stored for use by loads,

5.6 MOMENT OF INERTIA CALCULATIONS. Momoent of inertin calceulations

are accomplished in the program using the basic mathematical reiationship:

L, YwaT ezl -fcw E Wi
i o, fVVi

Figure 5-7 Axiz Orientation for Balinee and Inertin
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where:

-t
It

moment of inertia of a conglomerate mass about a

reference centroidal axis "R"

o]

}‘.‘Wldi = an accumulation of incremental component inertia
values each of which is the result of displacement from
an arbitrary axis of accumulation that is parallel to
but displaced from the reference centroidal axis '"R".

z Io = an accumulation of incremental component inertia values
each of which is the inertia of that component ubout an
axis through its centroid and parallel to the reference

2 centroidal axis '"R".

&Wb(: wldl) = g resolution term expressing the difference between the

inertia values about the axis of accumulation and the

centroidal axis '"R".

W = mass of an individual component

d = {he undirected distance from the centroid of an individual
mass to the axis of accumulation.

5.6.1 Scope of Calculation. Moments of inertia are computed about all three

nutually perpendicular axes Xx,y, and z (Figure 5-7 ). A product of inertia (x-z
planc) is also calculated, These values are computed (and output to the loals program)
for (1) wing and contents, (2) body and contents, (3) horizontal tails and contents (4)
vortical tail and contents, and (5) total aircraft. The above data is repeated for four
aircraft loading conditions; (1) operating weight empty, (2) same plus maximum
centerline load, (3) same plus maximum internal wing fuecl, and (4) maximum gross
weight including external fuel.

5.6.2 Depth of Calculation. The inertia resulting from displacement fiom the

2
c.g. (the Wid; term) ts of course completely accounted for. Inorder to accurately
account for the tnertia of each component about its own centrold (the Iol term),

the program breaks down the operating weight empty into approximately 100 clements,
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The magnitude of cach element ts determined by (1) its dimensions relative to the

overall airplane and (2) how accurately its inertia can be approximated by any of

five standard shapes provided,

Each inertia call statoment in the program provides the following data to tho inertia

rautine for cach component:

Q)

{6)
Figure §-8

calculations.

welight

location in 3§ axes

oriontation relative to 3 axes

appropriate dimensions (up to 3) of cach component

location code (wing, body, etce.) for sub-accumulation

shape code directing uso of one of the § shapes

describes the five shapes provided and lists the vquations used in the

The oriontation code, tem (&) above, is provided to orient the shape

relative to the aiveraft axes.
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SECTION 6

MISSION/PER FORMANCE ANALYSIS

The purpose of the mission analysis routine is to determine the relationship botween
aireraft fuel volume and mission performance capability, By appropriately varying
an iteration optien, one of the following calculations may be performed:

1. Determine the fuel required and appropriate aircraft geometry to fly a fixed
mission,

2, Determine the fuel required by a fixed geometry aircraft to fly a fixed mission.

3., Maximize any single radius segment of a mission profile for a fixed geometry
aireraft carrying a fixed quantity of fuel.

4. Maximize any single loiter segment of a mission profile for a fixed geometry
aircraft carrying a fixed quantity of fuel.

The routine is comprised of the following mission segments: Takeoff, Climb, Accel-
ceration, Cruise, lLoiter, Combat, Descent, Deceleration, Landing und Reserves.,
Through the use of input paramcters, these segments may be linked together in any
desired manner to form a mission profile, In addition, there are soveral different
approaches to each of the individual segments, For example, the cruiso segment
may be performed at a fixed speed and allitude, or at optimum conditions.

In order to fly a given mission, the program is dependent on aerodynamics, propul-
sicn, geometry and weights data.  The propulsion data is generated external to the
program and is accessed by an internal intorpolation routine, Aerodynamics and
weights data are calculated internally through the use of empirical equations derived
from historical data. Geometric characterizations are input to the program and are
iterated internally so as to remain compatible with the available fuel volume of the
aircraft.

The function of the performance analysis routine is to evaluate the performance char-
acteristies of a fixed geometry aireraft. That airceraft may have evolved from the
iterative process of the mission analysis voutine or may have had its origin directly
through input data. In either case, the tollowing performance parameters may be
calculated:

1. Specific excess power at various speeds, altitudes and load factors,

2. Sustained maneuver load factor at various speeds and altitudes.,

3., Maximum speed at various altitudes,

4. Maximum ceiling for a specified rato of climb at various speods,

5. Takooff distance for a specified power setting and high lift configuration at var-
fous gross weights,

G=-1




6, tanding distance for a speciffed high HEt configuration at various gross
woights,

The resulting valies can he compared to the desired performance eapability for each
parameotor and provide the user with insight as to how to change the adreralt geometry
to moet those desired capabilities, With the exception of a fow input values to define
the flight conditions at which the performance parameters ave to be ealeulated, the
porformance analysis routine uses the same input data as spoecified for the missfon
analysis routine,

6.1 TECHNICAL DATA BASE, In owder to carry out a mission/performance anal-
ysis on a given aireraft design, it is nocessary to define the aorodynamice, propulsion,
geometry and weight characteristies of that destyn,  Each of these tochntenl funciions
ix carried out in a separate subroutine of the program, A cursory deseviption of cach
of these routines s given in the following sections, with appropriate reforonce docu-
moents identifiod, should the ronder destre more dotail,

6. 1.1 A ERQ (Cloan Configuration Acrodynamices). ‘The acrodynamie estimution pro-
codures for the zoro flap, clean wing configuration are divided into two segments.
The first sogmeont is intendoed primarily for combat type atveraft and is thoroughly
deseribed in Reforonce 1 The second segment deals with transport type airevaft and
will be further discussed herein,

The methods solected, in both segments, are those which provido a reasonable degree
of deag estimation accurey and, at the same time, make use of dimensional data
avaitlable from empivically derived sizing relattonships,  Particular attention has
been given to achioving good drag ostimates for the vange of lift cooffictonts and
spoeds which are normally significant in the determination of misston fuel voquire-
ments,  The aerodyuamice subroutine is actually divided into two parts: ontry ARROZ,
which computes all paramoters which arve indepondent of mach number or angle of
attack, thus conserving computer time; and ARRO, which computes B and deag o
spectfiod speod, altitude and angle of attack conditions, using javamoters dofined by
AFROZ,

The major difforences {n the acrodynamie ostimation procedures used for combat and
transport typoe afrevaft are the minhmum deag ogquations for wing and tail surfaces and
bodivs of revolution,  Compressibility offeets and deag due to UL chavactovistios ave
detormined in substantially the same manner for both types of aivervaft,

The minimum deag contribution tor wing and tail surfaces tor transport type aiveeall
{s found, in terms of equivadont fiat plate avea @), from the velation:

Gy [l Fh o) o (n‘)"] 8 h

f
wing wol
or

tail

6=2
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where,
¢ = flat plate skin friction coefficient = 0.455/(Log RN)a' 58
ks = supervelocity factor (determined by the data of Figure 6-1 asa
function of maximum t/c location)
t/c = maximum thickness to chord ratio of wing or tail surfaces
Swet = wetted surface area of respective wing or tail surface
RN = Reynolds number (function cf characteristic length of wing or tail

surf~ce)

The equivalent flat plate area of a streamlined body of revolution may be determined
from the relationship:
/2

i} 3
£ = C sw‘atB [1 +0.001 (/D) + 1.5 (/L)

L3
-~ + T (D/L), ] @)

where,

C, = flat plate skin friction coefficient = 0,455/(Log RN)Z‘SS

= 2
Sw etB body wetted area (ft<)
(L/D)B = body fineness ratio (length/diameter)
RN = Reynolds number based on body length

The second term of equation (2) accounts for the boundary layer thickness increase
for wrapping a flat plate into a cylinder. The third term accounts for supervelocity
and the fourth term pressure drag.

The drag of fuselages having highly upswept afterbodies is not adequately predicted by
equation (2). Reference 2 shows correlations of (hese type fuselages which resulted
in the following relationship for fuselage drag:

] = .. 3/2
ifus = Cf Swet [1 +0.001 (L/D)B + 1.5 (D/L) ]

@)

B
+ 0,007 A:r{[ﬁ (1)/1)5/2 -1 +6.2 (Y/D) [1.4 - (D/1)4K¢ ]}
. N,
contraction camber
effect effect



whore,
2
A body maximum cross sectional area (ft=)
Y D afterbody camber radio
/D - aftorbody contraction ratio
Kg - lateral contraction fuctor 1.0 for no contraction (beaver tail)

- 0.0 for total contraction

It should be noted that the contraction and camber torms shown i equation (3 replace
the pressure drag term 7 (D/ l.)n3 of equation (2). Figure -2 presents a schematic
of the fuselage geometry to which equation (3) applios.

Summing the equivalent flat plate areas of the various components, and providing the
necessary component interference factors, the subsonic minimum drag buiwdup for a
multiple body transport configurati »n may be expressed as follows:

. < facil \ v facipyl
¢ ) [”ms “f) A Nfus uf) it (lt‘)) .(fp_\'l “p) h r“pyl (lp) W p)\
min \ )
sub
'y actw. . tacth iy .
' (’\\-lng M ) \[hul‘t ! ) ’ (r\-oﬂ N ) Y
‘ d| 1 ot ] N
(fczm N ‘) ' (fmw b QN N n “) ' tcamlwr ' fn\l'ew}/ \\\
whore,

f + fuselage oquivalent flat plate area ‘“2)

fus
l‘. - Indox representing type of fuselage - 1, 2or 3
fus number of each type of fuselage

facif  interforence factor tor each type of fuselage

pylon oquivalent flat plate area (ft2)

f
pyl
lp indox roprosenting type of pylon 1, 2, S or 4
val number of cach type of pylon

factp  fiderforence factor for cach type of pylon
29

f“ ing wing vquivalent flat plate arvea (ft=)
faciw  interforence factor fov wing

{ horizontal tafl equivalent flat plate avea (Rz)
hoit

ti=-4
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facth

fvert

faciv

can
facic

nac

facin

fcamber

misc

S
w

= {nter{crence factor for horizontal tail

= vertical tail oquivalent flat plate arca (ﬂz)

= {nterference factor for vertical tail

= canopy cquivalent flat plate arca (ftp‘)

= interference factor for canopy

= nacelie equivalent flat plate area (ftz)

= number of nacelles

= i{nterference factor for naceiles

= camber drag expressed ss oquivalent flat plate area (ftz)

= miscellaneous drag expresscd as equivalent flat plate area (ftz)

= reference wing area (ftz)

The three (J) types of fuselages and four (4) types of pylons are determined by input
parameters rather thun being pre-set in the program. Thus, the user may definc a
very sophisticated multibodv configuration.

6.1.2  AEROHL (High Lift Aerodynamics)
6.1.2.1  Lift Characteristics, The maximum lift characteristics of a configuration

having both leading and trailing edge high lift devices 18 determined from the general
aquation of Reference 3,

S !
w < ' '
CLmnx ) Sw ‘ Lmax $ae Lmax ' ACLmax @
o LE TE
where,
Sw reforence wing area of clean wing
sw' extended wing area, including leading and trailing edge high
Rt dovices
C = maximum Lft coefficient of the clema wing (i.e., without any
L
max high lift devices)
AC‘L - inorement in maximum Uft due to deflection of a leading edge
mnxu_: high lift device. This increment {8 measured without a trail-

ing edge device,



AT = incremernt in maximum lift due «- u=flection of a trailing adge
rE flaj system. This increment m«v ° = measured with or with-
out a leading edge device,

The clean wine maximum lift characteristics may b :--.:¢ from the equation:

c = —="C + &C (6)

The factor CLmax/C!max is used to correct the section maximum lift coefficient at
M = 0.2 for finite wings, including the effects of leading edge sweep angle and airfoil
nose shape. It is computed by a curve fit of the data given in Reference 4 in the form

CLmax
C = A - BAy' (M
‘max
where
0; Ay < 1.4
Ay' = Ay - 1.4; l,4<0y<2.5
1.1; Ay > 2.5

Ay is determined from Figure 6-3 and terms A and B {a Figure 6-4 as a function
of leading edge sweep angle.

Cl,m is the section maximum lift coefficient and is found from the equation:

0

c, = (c! ) + (AC ) (8)
max | max /bose max / camber

where (C and (AC‘ )cambe are shown in Figures 6-5 and 6-6

as & function o'i aif?on nose shapewﬁocation of maximura thickness and camber.

The increment ACLm dlie to Mach number is given in Figure 6-7 , taken from
Reference 5, as a function of leading edge sweep (A; ), Ay, and Mach number.
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Figure 6-4 Factors for Determining Subsonic Maximum Lift

The contribution of leading edge devices to the maximum lift coefficient is found using
the relationship:

t
CL
ac! = ac| : - (9)
Lmmc !ma.x KbLE Cl
LE LE a
A C'ImaxLE is the two dimensional increment in maximum lift coefficient and is de-
fined as
t
AC, = C‘o . 0.75nmax- my . oH (10)
M LE LE
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Figﬁi‘e 6-6 Effect of Airfoil Camber on Maximum' Lift

Ch81,F gy |8 Presented in Figure 6-8 as a function of CLE/» Where CIGLEmax

=2sin@ pandcosOyp = 1-2 (CLE/cv) . CLE/, is the ratio of lcading edge de-
vice chord to the extended wing chord due to both leading and trailing edge devices.

Tmax 18 the maximum liRt efficiency for leading edge devices and is given in Figure
6-9 as a function of the ratio of leading edge radius to wing thickness for leading
edge flaps, slats and kruegers; both curved and flat.

N 18 a leading edge device deflection angle correction factor and is presented in Fig-
ure 6-10 as a function of leading edge deflection angle, 6y for flaps, slats and
kruegers.

KbL E is the leading edge partial span factor, and is shown in Figure ¢-11 as a
function of the ratio of leading edge device span to wing span ( bLE/b .

The term C'La is the three-dimensional 1lift curve slope from the equation:

3 B
c, ’(ZWAR'/ 2*\/(%2') (1+-“‘"—ﬁ—“2—9@)+4 (11)
“Q

’
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where,
AR' = wing aspect ratio for extended leading and trailing edge devices
A c/2 = mid-chordwing sweep with both leading and trailing edge devices
extended
g=vV1-M
M = Mach number
k= Cy, /(2x/B)
C;(’r is the section lift curve slope and {s found from the equation
C
1.05 lo:
G, =C' 5 \¢ (12)
o ath /|
ath

Cg'a . is based on the Kutta-Joukowski hypothesis of finite velocity at the trailing
edge and is calculated from the relationship:

' = .
clmh 27 + 4,7 t/e (1 + 0.00375¢TE) (13)

where

t/c = thickness to chord ratio

%«: = total trailing cdge angle (deg)
The term (Cla/ c th) is a Reynolds number dependent correction factor for boun-
dary layer displacement effects. It is presented in Figure 6-12 as a function of
Reynolds number and the trailing edge angle Qpp.

The maximum lift cocfficient increment due to extended trailing edge devices is
determined by the equation

C L
1L
' = - - ‘
acy ARy —= Kmax A€ max
max,. . 0 C!a TE

(14)

AKb\, is the partial span flap factor defined as

A, Ky "

0 outboard inbnard
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where,

i

the value at the outboard edge of the flap
outboard

%

inboard

1]

the value at the inboard edge of the flap

Kboutboard and Kbinhoard &€ presented in Figure 6-13 as a function of the ratio of

flap edge location to wing span and of wing taper ratio,

CL'y is the three-dimensional wing lift curve slope as given by equation (11) and CQ&
is the section lift curve slope found by equation (12),
Kmax is a correlation factor based on the type of leading edge configuration.
_ 1.0 for a slat or Krueger leading edge
max 1. 21 for a clean leading edge

ACy'max 18 the increment in section maximum lift coefficient due to trailing edge
flaps and is determined from the equation

I ! AC‘
ACy max, Z s C , t \ac, (15)
=1 4 9 a- oy

where,

i = is the 1st, 2nd, 3rd, etc., flap segment
I = total number of filap segments

"S[ is the slotted flap turning efficiency factor. The values for T]SI are presented in
Figures 6-14 , -15 and -16 for single, double and triple slotted flaps, respectively.
The data is presented as a function of flap deflection angle (5¢) and total trailing edge
angle @TE).

Cy, is the flap segment lift effectiveness and is shown in Figure 6-17 as a function
otg?.he flap chord ratio (C'g/c'). Figure 6-18 provides a schematic definition of the
geometry terms involved in a trailing edge flap system for lift estimation purposes.

' AC 1 1
- / - -
_max) | _Of Logg|sin 5 X+@p/siny X -0y 16)
AC 6, +8in @ o, tan X/2 (16
Loy f f f

6=17
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Figure 6-13 Partial-Span Flap Factors

where,
= - ' ]
cos 6, 1 2(Cf/c)
cor X = 2 XKg/c") - 1
X /¢! = the separation point — the location of which depends on the leading
8
edge configuration, For a clean leading edge, separation is
assumed at the leading edge (i.c., (Xg/c') = 0). For leading edge
high life devices, separation is assumed to be at the knee of the
leading edge device (.c., X,/¢') C'g/e')
f ACE max
Figure 6-19 presents the variation of \7)-(-;—-——- ) with flap chord ratio (C'f/c')
and the separation point location (Xs/c'). @-0
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The lift coefficient at a given angle of attack for a high lift system is determined

from the equation

o e— M - - '
CL*3 [cLa (@~ da,~aa) + G ]
_ w o
where Aa is the effect of wing twist given by

_ 20g

Ao
(<)

(17)

(18)

—= is the change in wing zero lift angle of attack due to a unit change in linear wing

twist and is presented in Figure 6-20 as a function of quarter chord sweep angle

(A ¢/4), aspect ratio (AR) and taper ratio (A).

CL(', is the lift coefficient at zero angle of attack with high lift devices extended. It

is found from the relation

1.0
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where the clean wing lift curve slope (CLa) is found from the equation:

2r AR

C ———

1. ; P
o ; 2 tan A
o | AR ﬁ_ ~ /2 4 20
- \ ’\ l ¢ ‘32 ‘v- )

and ao, is an inputted value of the clean wing angle for zevro lift, AC is the in~
cremental it at zero angle of attack due to high ift devices, and is caleulated as

follor s
(I.
ac, = ac, | =) K K (21)
L 1 Cy ¢ l\b -
(4] (4] Py
where:
Kb < flap lift factor (Figure ¢-13 )
Kc - flap chord factor (Figure 6-21 )

6=21
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where,

i = the 1st, 2nd, 3rd, oto,, flap segments
I » the total number of flap segments

" slotted flap efficiency factor
"I (Figure ¢-14 through 6-16 )

¢ » flap segment it offoctivoness
& (Figure 6-17 )

flap segmeont defloction a gte (dog)

The it curve slope ratio (‘I ;€ ¢ ts found trom Reforence 4 to ba:
v a

| S

0 / 2 2

M * . .§.\.}; ....A-..l..‘..-.,,_..w (22)
(’ta > 'V 4 '(S\\") (oos AC/2 )

The flap chord factor K, {8 plotted in Figure 6-21 as a tunction of AR and RN
and the ap Hft faetor (K ,\ wax ghown in Figure 6-13 as a function of taper ratio
A and spanwise location 1) v b2,

dg + 0 oquation (17), {8 a tevm to account for non-linearities in the iift curve,
If o~ (a@max - 2Aamex)

A v 0

Ha > (oymax - 3 darpax)

(3]
we o ) -
At = max S %aax

2‘5«“““ A“max

G=2h



Figure 6-21  Flap (. .1 Factor
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where,

CLmax -SS:’VL'- - ¢
= 0 .
@ max c' anT ' Aa!ma.x 23)
Lo

Ao, o Is the angle of attack increment from the angle at Cy, ... based on the lift
curve slope (C'L ) from- equation (11), to the actual angle for CLy ox ©@max)+ Figure
6-22 presents%ypical values for Aap .. as 2 function of leading edge sweep angle

A i and leading edge parameter Ay.

In ordor to determine angle of atack (a) as a function of lift coefficient, equation (17)
may be rewritten in the form:

Sw - N 1
“Lan L,
a - :: : taa, + Ax (24)
I‘a C Sw C '
Lsw ™ Y
Thus, it may be shown that if : +Aa | < (o - )
CL T max max
o
Aa o 0
I'C Sw c!
Lo - L, +oa, >, -2Ax_ )
On the other hand, if l Sw o max max
!
L
o
C. Sw Cc!
s - L
Sw [o)
Ao = o - +An
max Cc! T
Ly -
1
CL S CL
-2 | a RN Swi 2 a
max A“mu.x Aa max amax CI‘, aT
o

6.1.2.2  Drag Characteristics. The drag characteristics of a configuration having
both leading and trailing cdge high lift devices are determined from the equation:

2
c, -C -Ac>duoto

D D (25)
min n ARe'
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Figure 6-22 Angle-of-Attack Increment for Subsonic Maximum
Lift of High-Aspect-Ratio Wings

and
C = C + AC + AC + AC + AC (26)
D
Dmin Dmin LG DFLAPS DSLATS I
clean
where,
CD = minimum drag coefficient of clean configuration
min
clean

ACD = incremental drag due to landing gear

LG
ACD = incremental drag due to trailing edge flaps
TLAPS
ACD = incremental drag due to leading edge slats
SLATS
AC_. = incremental induced drag due to increasing the lift cocfficient

I at zero angle of attack by extending the trailing cdge flap
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The incremental profile drag cocfficient of a trailing edge flap is defined by the equa-
tion from Reference 6.

flapped
ac = AC = [aC — e
FLAPS D , .~  Ref
PN TE/C'y/c' - .25
TE
ac,
P
X TE

AC @7
D P
TE C'f/c'== .25

The term ACD ) is found from Figure 6-23 as a function of the
Pre Clg/e'= .25

equivalent flap angle (6 fg Q).

a62
Gf = (Sf + o5 6f2 (28)

where,

Gf = deflection angle of the first flap segment
1

e deflection angle of the last flap segment
2

ac = change in section zerv lift angle of attack due to flap deflection
A schomatic of the trailing edge flap geometry for drag purposes is presented in Fig-
ure 6-24 . Curves of a g are given in Figures 6-25 and 6-26 for single and
double slotted flap systems, respectively, as a funcdon of flap chord ratio C'/c' and
flap deflection angle 6. Note, from Figure 6-24 , that a triple slotted flap must be
expressed in terms of a double slotted system in order to use the a g cuTVCS of
Figure 6-26 .

ACDP
TE

AC is the term to correct the flap profile drag increment to
D

'}
! ’I‘E)C'f/c' =425
other values of C' /¢! and is presented in Figure 6-23 as a function of tlap chord

ratio C' /c'.
f/ 6=29
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Sflapped represents the area of the wing encompasgsed by the inboard and outboand
cidges of the trailing edge flap, with the leading and trailing cdges rotated into the
plane of the wing chord as shown in Figure (-23 .

The profile drag coefficient due to leading edge devices is derived from the equation

S,
sc,  —oamiE e
SLATS

where Sy g is the planform area of the leading edge device,

‘The value of ACDI is determined from the equation of Reference 4.

0

(ACy |

, { Lo)

aC = K, K, 1 _
D, AT AR

(30)
where Kp and K¢, shown plotted in Figure 6-27 ,are factors which account for the
non-elliptical span loading of purtial span flaps, Ky is presented as a fupetion of
be/b and (bc+ bJ)/b, where b is the wing span, bf the flap span, and b,/2 the distance
between the wing centerline and the inboard edge of the flap, K, is presented as a
function of b,/b and AR/2rw,

ACLO is the incremental lift coefficient due to flaps uat zero angle of attack and is
determined from equation (21), where

AC. =AC! — (31)
L

The induced drag due to deflecting trailing edge flaps is given by the term
0
C. -C, - AC due to
14 4 2
1 b . ) flaps
7 ARe?

of vquation (25),

The term ¢! is the span efficiency facior for determining polav shape and is given by th
equation;

s )

et=e ;-—\!-

S W
wheve ¢ is the clean airplane polar factor, Cy,  is the lift coefficient tor minimum
drag of the clean airplane polar, while the increment in minimum drag duce to the fap
is Jdetermined from the Equation:
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(x o1 ) (Ac L )
. \ TARK .o
ac 1>duo to az2)

C
flaps 1+ 1, lG(-C—I—‘“> V.5 - Cf/c)
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6.1.3 PROFUL (Propulsion Characteristics). This routine computes cngine thrust
and fuel flow characteristics at a designated flight condition. Required input for the
routine consists of thrust and fuel flow data as a function of speed, altitude and power
setting. Using a table look-up procedure, the program searches through the matrix

of input data and interpolates for the desired engine characteristics by using the hyper-
bolic curve fit routine of subroutine PROI't,

It should be noted that the program expects the input engine data to have already been
corrected for installation losses. ‘There is no existing capability in the program for
calcuiating these losses. 'This is not a scrious drawback so long as the siving exer-
cisc is restricted to a particular engine/ai frame installation concept, However, as
soon as the installation concept significantly changes, a new engine data deck must
be provided,

In order to make the propulsion routine applicable to hydrogen or methane type fuels,
the fuel flow characteristics of the input J P engine deck are ratived by the lower heat-
ing value of JP fues divided by the lowe r heating value of hydrogen or methane,  The
sppropriate heating values of these three types of fuel are given as follows:

J oo 18,-100 Btu‘ib
Methane 21, 350 Btu/1b
Hydregen 51,590 Btu/lb

‘Thus, it is seen that the fuel flows for an engine burning hvdrogen or methane tuel
will be lower than with JI* fuel.

3.1.,4 GEOM (Geometry Detinjtion), Complete and accurate geometric dita, inso-
fur as possible, are pencrated for use in dvag estimation and weight estimation by o
geometry subroutine., A relativeiy small amount of generalized data is veqaived as
input.

Ihis routine is intended o reduce or emove the requirement tor making many draw -
ings and the hand computation of geometric dita reguired by dreay and weisht estima-
tion methods, ‘This is more fully described in Section 2,0,

6.1.5 WEIGHTS (Component Weight Estimation).  Design weighes used i pertform-
ance analysis, as well as a component weight breakdown, s provided by the weichts
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subroutine. The routine was designed and develuped to provide accuracy and flexibil-
ity of application. Accuracy is obtained by use of substantiative equations and, con-
sidering the design stage in which the program is meant to be used, accuracy is con~
sidered good. Flexibility is achieved by using more than one equation or method,
selecting the most appropriate by controlling the input data. This routine is more
fully described in Section 3.0.

6.2 MISSION PERFORMANCE. As previously discussed, mission performance is
dividea into ten flight regimes: takeoff, climb, acceleration, cruise, loiter, combat,
descent, deceleration, reserve, and landing. Takeoff, combat and landing are rep-
resented by fuel allowance calculations only while reserve depicts a percentage of
total fuel. Actual flight performance is calculated for the other flight regimes, using
equations of motion.

Calculatec flight performance is determined by similar procedures for each of the
flight regimes. Equations of motion are solved for the required unknown (e.g,, angle
of attack), and the required flight condition is derived. For example, cruise can be
calculated either at given constant conditions (fixed speed and altitude) or at optimum
conditions (e.g., speed for maximum specific range)., Integration of various param-
eters over the applicable increment (e.g., an altitude increment in the case of a
climb) is handled by the Gill integration procedure, which was specifically developed
for efficient computer use, Termiaation occurs when a specified condition is reached.

For each mission segment, the number of operating engines, the type of atmosphere,
the asrodynamic configuration, and an airplane weight increment can be specified,
Thus, each of these parameters can be changed at definite points in the mission by
specifying them for each segment,

For case of use and understanding by a using engineer, each flight segment is repre-
sented in the program by a separate subroutine. Siince different missions will vary

in the way of a given flight segmert is to be performed (climb, for instance, can he

at maxiimum rate-of-climb speed or at a given speed-altitude schedule), several op-
tions may exist within a given subroutine. The desired option is indicated by use of
an input index, with each index representing an alternate way of flying a given mission
segment,

A more detailed description of each mission segment is given in the following sections,

6.2.1  Takeoff. For a given (inputted) speed, altitude, and power setting, the fuel
flow is determined from subroutine PROPUL (Section 6.1 3 ) and the airplane eight,
fuel used, and time are adjusted accordingly for a given time allowance,

6.2.2 Climb. There are four separate climb optionc available in the program,
These options differ in the manner of performing the climb: at maximum rate-of-
climb speed, or at a given speed-altitude schedule; and in the way in which the climb
is terminated — at 2 given altitude, or at the optimum cruise altitude,
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6.2.2.1 Calculates Climb at Speed for Maximum Rate-of-Climb, Terminates
Climb at a Given Altitude, At an initial starting altitude, the maximum-rate-of-
climb and the accompanying speed are deternmuned from ~ubroutine MAXRCVY (Section
6.4.2 ) for zero acceleration. Both are than recalculated at an incremented alti-
tude, with the airplane weight for the second altitude being estimated by the fuel flow
obtained for the flight condition at the first altitude.

; o by [—oH
W@h2 ~W@h1 Fuel Flow @ h, (R/(‘ @hl)
where:
wa h2 = airplane weight at altitude h 0
W@ h1 = ajrplane weight at altitude h L
AH = {incremental climbing altitude (h 2—h1)
R/C @h1 = ajrplane rate-of-climb at altitude h 1

A tangential acceleration is then calculated, based on accd erating from the velocity
for maximum rate-of-climb at the first altitude to that at the second altitude,

{

vmax R/C @ h2 - anx R/C @ lLl) (W Lmax @ h2 B n/('max @ hl)
a, -

t /R/Cmnx @ h,
AH I.oge \'I"—/'E—'——‘—

max @ hl

where:
Vmux R/C @ h, = airplane velocity for maximum rato-of-climb at altitude h o

meK R/C @ h] = airplane velocity for maximum rate-of-climb at altitude hl

The speeds and max R/C's are then recalculated, and the procedure is iterated until
the change in rate-of-climb (due to the change in acceleration) decreases to within a
specified tolerance.

The time, distance, fuel, weight, altitude, and velocity are then integrated over an

altitude increment using subroutine MSNINTG (Section 6.4.9 ) and the above proced-
ure is repeated until the given final altitude is reached.
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6.2.2,2 Calculates Climb at Speed for Maximum Rate-of-Climb, Terminates Climb
at Optimum Cruise Altitude. The procedure for calculating the climb in this routine is
the same as that described for the previous routine, except for the manner of termina-
tion. An altitude is determined, which will provide the maximum value of specific
range iu cruise flight, and is designated as the optimum cruise altitude. This altitude
is determired by using subroutine MAXSRH (Section 6.-. %),

Since the optimum cruise altitude changes as the airplane weight changes (due pri-
marily to fuel consumption), it is recomputed when the climb approaches its termin-
ation. An optimum altitude is calculated at the start of the climb, and when the climb
is computed to this height, the optimum cruise altitude is determined once more, at
the then reduced airplane weight. The climb is then continued to this new termination
altitude,

6.2.2.3 Calculates Climb at a Given Speed-Altitude Schedule, Terminates Climb at
a GivengAltitude, The fixed speed-altitude schedule is input by the climb subroutine,

The speed can be in terms of either velocity (knots), or Mach number. Up to five
segments can be represented for a given climb (i.e., the schedule can be divided in-
to five parts), with different segments in differing speed terms if required (e.g., a
Mach altitude schedule segment followed by a velocity-altitude sesment). The sched-
ule can be either lincar, or a hypervolic curve fit (KABD) (see Section 6,4.13).

For a given altitude, initially the starting altitude, the climb speed is taken froin the
speed-altitvde schedule, The airplane flight parameters are calculated, including
rate-of-climb, using subroutine FEQMA (Section 6,4,1 ) at the current climb weight.
This is repeated at an incremented altilade with the airplane weight estimated as

AH
@ = - @ — e v—
W(,h2 W@h1 Fucel Flow \,h1< 7 @h1>

‘The tangential acceleration necessary at the initial altitude is calculated, which will
enable the velocity at the second altitude to be reached.

o (V@hz—V@hl)(R/C@hZ—R/C@hl)
T R/C@h2>
AH log \EF@_E;

where:

a,.. = airplane tangential acceleration required at altitude h 1 to obtain
desired velocity at altitude h2

6=39

~~~~~



The rates-of-climb are then recalculated, and the procedure is iterated until the
change in rate-of-climb (due to the change in acceleration) decreases to within a spec-
ified tolerance.

The time, distance, fuel, weight, altitude, and velccity are then integrated over an
altitude increment using subroutine MSNINTG (Section 6.4.9 ), and the above pro-
cedure is repeated until the given final altitude is reached.

6.2.2.4 Calculates Climb at a Given Speed — Altitude With Velocity Given as
Equivalent Airspeed, Terminates Climb at a Given Altitude. The procedure for cal-
culating the climb in this routine is the same as that described for the previous rou-
tine, except that the velocity-altitude schedule is given in terms of equivalent air-
speed rather than true airspeed,

6.2.3 Acceleration. There are two alternate acceleration routines available in the
program. One terminates at a given final speed and the other terminates at an opti-
mum cruise speed.

6.2.3.1 Calculates Acceleration to a Given Final Speed. The initial speed can be
either the current mission velocity or a fixed input velocity. The tangential acceler-
ation is calculated for the given power setting using subroutine FEQMA (Section
6.4.1 ) and integration of time, distance, fuel, weight, and velocity is done with
respect to a velocity increment using subroutine MSNINTG (Section 6.4.9 ). The
accleration is terminated when a given (inputted) speed is reached.

5.2.3.2 Calculates Acceleration to an Optimum Cruise Spea~d. At the current or
given (input) altitude, an optimum cruise speed, providing a maximum value of speci-
fic range, is determined using subroutine MAXSRYV (Section G.4.3 ). The tangen-
tial acceleration is calculated for a given power setting using subroutine FEQMA
(Section ¢.4.1 ) at the starting velocity, which can be cither the current speed or a
given (input) speed. Time, distance, fuel, weight, and velocity are then integrated
over a velocity interval using subroutine MSNINTG (Section ¢,4.9 ) and the proced-
ure is repeated until the pruviously determined optimum cruise speed is reached.

6.2.4 Cruise. The program is capable of calculating cruise characteristics for
two flight conditions- at a given speed and altitude, and at an optimum speed and
altitude.

6.2.4.1 Calculates Cruise at Given Speed and Altitude. The current values of
speed aud altitude are taken as fixed cruise conditions if input values are not provid-
ed. Checks are made against the maximum altitude boundary (for the given mini-
mum ceiling rate-of-climb and maximum cruise power setting), the minimum veloe-
ity (determined by the maximum allowable flight angle of attack), and the maximum
velocity (using the maximum cruise power setting) by using subroutines CEILING,
MINVEL, and MAXVEL (see Sections ¢,4.6 , 6.4.7 , 6.4.8 ).
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The flight conditions at the cruise speed and altitude are determined by using sub-
routine FEQMA (Section 6.4.1 ), solving for angle of attack and power setting,

with zero flight path angle. Time, distance, tuel, and weight are then integrated over
a weight increment using subroutine MSNINTG (Section 6.4.9 ), and the procedure

is repeated until the accumulated total distance equals the given cruise radius.

6.2.4.2  Calculates Cruise at Optimum Speed and Given Altitude. The current
value of altitude is taken as the fixed cruise condition if no input value is provided.

A check is made against the maximum altitude boundary (for the given minimum ceil-
ing rate-of-climb and maximum cruise power setting, using subroutine CEILING,
see Section 6.4.6 ).

The optimum cruise speed, providing the maximum specific range, is determined
(using subroutine MAXSRV, see Section 6.4.3 ), and flight conditions are calculated
(using subroutine FEQMA, see Section 6.4.1 ), solving for the angle of attack and
the power setting. This is done for the initial airplane cruise weight, and for an in~
cremented weight. The tangential acceleration at the initial weight and spced is then
estimated, and the flight conditions recomputed.

L\ A
at = Fuel Flow
where:

At = cruise time increment required to burn AW amount of fuel

AW = fuel weight consumed during cruise

X = V2o Yy
T At
where:
V2 = airplane speed at final cruise weight
\% 1 = airplane speed at initial cruise weight

This procedure is repeated until the change in specific range (due to the change in
acceleration) decreases to within a given tolerance. Time, distance, fuel, weight,
and velocity are then integrated over a weight interval (using subroutine MSNINTG,
see Section 6.4.9 ). The above procedure is then iterated until the accumulated
total distance equals the given cruise radius.
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6.2.4.¢ Calculites Cruise at Optimum Spoed and Altitude. The optimum oruise
spoed and altitude are determined, providing a maximum value of specific range using
subroutine MAXSRH (Section 6,4.5 ). This s done at the initial cruise weight and
an ineremesnted weight, Ao estimated rate-of-climb and tangential accoleration apre
then estimated at the fnitial weight, based on reaching the optimuin speed and altitude
for the incremented weight,

- AW
At - Fuel Flow
R/C h2 _ hl
At
VotV
v Tat
/¢

Y : are sin'l—;-—
v 1

‘The above procedure is repeated until the change in specific vange, due to changing
values of rate-of-climb and tangential acceleration, decreases to within a given tol-
oranco,

Time, distance, fuel, weight, altitude, and velocity are integrated over a weight in-
torval using subroutine MSNINTG (Seetion 6,4,9 ). The entire process is then
iterated until the accumulated total distance equals the given cruise radius,

6.2.-4.4  Caleulates Cruise at Given Speed and Altitude, for Given Fuel Usage. The
procedure for caleulating the ¢ miise in this routine is the same as that descevibed in
Section g,0.4.1 ; oxeept for the manner of termination.  The criise is terminated
when the accumulated total tuel used equals a given fuel usage valuo,

6.2.4.5  Calculates Cruise at Optimum Speed and Given Altitude, for Given Fuel
Usage,  The procedure for ealewlating the eruise in this routine is the same s that
described in Section 6,2.4.2; oxcopt for the manner of tormination, The cruise

is torminated when the accumulated total fuol used equals & given fuel usage value,

6.2, 4.6 Caleulates Cruise at Optimum Speed and Altitude, for Given Fuel Usage,
The procedure for calculating the cruise in this routine is the same as that described
in Section 6,2,4,3;  exeept for the manner of termination,  The eruise is terminated
when the accumulated total tuel used equals a given fuel usage value,
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6.2.5 Descent. There are two ways of calculating descent in the present program:
for a given speed-altitude schedule, where speed is given in terms of either true or
cquivalent airspeed.

6.2.5.1 Calculates Descent at a Given True Airspeed — Altitude Schedule at a
Given Descent Rate. Descent performance is determined by integrating over an alti-
tude increment for a given descent rate and for a given true airspeed-altitude sched-
ule. The descent is terminated when a given final altitude or equivalent airspeed is
determined. The power setting is limited to idle during descent, Should this limit
be reached prior fo termination of the descent, the descent rate is reduced according-
ly, holding the speed-altitude schedule as defined.

6.2.5.2 Calculates Descent at a Given Equivalent Airspeed-Altitude Schedule at

a Given Descent Rate. The procedure for calculating descent in this routine is the
same as that described for the previous routine, except that the speed-altitude sched-
ule is given in terms of equivalent airspeed rather than true airspeed.

6.2.6  Deceleration, This routine calculates deceleration performance to a given
final speed by integrating over a speed increment. The final speed is limited to the
minimum velocity.

6.2.7 Loiter. The program is limited to the calculation of loiter at optimum speed
and given altitude. The current altitude is used for loiter unless an input value is pro-
vided. A check is made against the maximum altitude boundary (for the given mini-
mum ceiling rate-of-climb and the maximum loiter power setting, using subroutine
CEILING, see Section 6.4,6 ).

The optimum loiter speed, providing maximum endurance (minimum fuel flow), is
determined (using subroutine MAXENV, see Section 6,4,4 ) at the initial loiter
weight and an incremented weight, The tangential acceleration at the initial weight
and speed is estimated, and the flight conditions are computed (using subroutine
FEQMA, see Scction 6,4.1 ).

- AW
b= Fuel Flow
.- Vao Yy

T At

This procecdure is repeated until the change in endurance, due to the change in accel-
cration, decreases to within a given tolerance. Time, fuel, weight, and velocity are
integrated over a weight interval (using subroutine MSNINTG, see Section 6.4.9 ),
and the above procedure is repeated until the given loiter time is equaled.
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G.2.8 Combat., For u given (inputted) speed, altitude, and power sctting, the
fuel is determined from subroutine PROPUL (Section 6,1.3 ) and the airplane welght,
fuel used, and time are adjusted accordingly for a given time allowance.

G.2.9 Reserve. A fuel reserve is caleulated based on a given (inputted) value
of percentage of total fuel used. It is used to increment the current airplane weight
and the mission fuel used as follows:

( X
» TESCrve
Afuel . -—Z-—-—-—__.... Fuel

1-% reserve (current)
Fucl Fuel 4 fuel
(current)
w = W - A fuel
current)

6.2.10  Landing. For a given (inputted) speed, altitude and power setting, the
fuel flow is determined from subroutine PROPUL Section ¢,1.3 ) and the airplane
weight, fuel used and time are adjusted accordingly for a given time allowance,

6.2.11 lterate. A correctly sized airplane (in terms of gross weight) carries
sufficient fuel aboard to equal the mission fuel requirement, If this is not the case,
the airplane size must be re-estimated, and the mission reealculated,

For the first iteration, the airplane weight estimate is based on the difference be-
tween the mission fuel and the fuel on board, and a weight growth factor.

G\Vn lkOOff.z thukcoﬂ'l + (Fuel Mission - Fuel Aboard) fW,/F
where:
GWt ukcoff2 = estimated takooff welght for succeeding iteration
uwu dwoffl = computed takeoff weight for synthesized fuel requirements
fW, 7% = gross welght-to-fuel growth factor,

Thus, for exatple, if the fuel earried by the airplane is 1000 pounds short of the
mission {ue! requirement, and a growth factor of 1,5 is assumed, the airplane weight
would become 1500 pounds greater for the next eycele,

For successive iterations the fuel and atrplane weights for the last two previous ter-
ations are used lineariy to estimate the proper aivplane size,

G4
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where:
ATFuel g the difference between the required mission fuel and the fuel
carried on board, as calculated in the last s:zing iteration
AFuel = the differences between the required mission fuel and the fuel

1
carried on board, as calculated in the next o the last sizing

iteration

G.2.12 Mission, This routine controls the mission calculation b, coordinating the
sequence in which the various mission segments are executed, It also contains the
iterative logic to assure that the cruise, descent, and deceleration segments are pro-
perly matched such that the total mission range requirement is satisfied. For example,
if the total mission range required is 3000 nautical miles, the program will cruise until
that total range is satisfica, Then, if a descent and/or deceleration segment immedi-
ately follows the cruise, the added range contribution will be added to the 3000 nautical
miles already flown, The program then returns to cruise with a first guess as to what
portion of the 3000 nautical miles should be consumed during cruise and what portion
during descent and/or deceleration. This process is continued until the required range
is properly distributed between the cruise, descent and deceleration segments. Range
contributions from segments prior to cruise are not affccted by this iteration, but are
included in the total mission range calculation. It shouid be roted that this iterative
process will not be activated if a mission segment other than descent or deceleration
follows immediately after cruise. Thus, a cruise, loiter, descent, deceleration se-
nuence will not result ir a proper votal range calculation.

6.3 PERFORMANCE ANALYSIS. As previsouly discussed, the performance rou-
tine will calculate the following performance parameters specific excess power, sus-
tained maneuver load factor, maximum speed, maximum ceiling, takeoff and landing
distance. These calculations are carried out in subroutipe PERFORM. It should be
noted that input values such as engine power setting, gross weight, percentage of fuel
carriced, atmospherie conditions, aerodynamic configuration, number of engines, ctc.,
are held constant for the first four parameters. For example, if the power setting is
specified as intermediate, the specific excess power, sustained maneuver load factor,
maximum speed and cciling will all be calculated af. interniediate power. Takeoff and
landing power settings may be independently set.

These performance parameters are calculated in a straightforward manner by solving
the equations of motion for a fixed geometry aireraft. The normal procedure is to
size the aireraft to perform a specified mission by running the Mission Performance
routine and then deterinine the performance characteristics of that airceraft, Generally
speaking, the resulting first cut performance will not satisty the requirements, Thus,
significant design parameters such as wing area and engine scale factor need to be

6-45



appropriately varied until a configuration is found which satisfies the desired perform-
ance characteristics as well as the mission requirements,

The program may also be used without first running the mission performance routine,
A known, fixed geometry configuration may be input and its resulting performance char-
ncteristics determined without any regard for the airceraft's mission capability.

The individual performance parameters are discussed in the following sections.

6.3.1 Specific Excess Power., The specific excess power capabilily of a fixed
geometry aircraft is determined from the equation

SEP:L'L'_“_II?L‘L

where, SEP = Specific Excess Power

T = Thrust
D = Drag

V = Velocity
W = Weight

In order to carry out the calculation it is necessary to define the engine power setting,
gross weight, percentage of fuel carried, atmospheric conditions, aerodynamic con-
figuration, number of engines, Mach number, :ltitude and normal load factor for which
data is desired. Given this information, the program calls subroutines PROPUL (Scc-
tion 6,1.3 ), AERO (Section §,1.1 ), ATMOS (Section 6,4,1 ), and FEQMA (Sec-
tion 6. 4.1 ).

It should be noted that SEP': can be calculated at several flight conditions during one
run by defining the appropriate matrix of Mach numbers, altitudes and normal load
factors desired.

6.3.2 Sustained Maneuver Load Factor. Sustained maneuver load factor means that
load factor perpendicular to the flight pat! which the aircraft is uble to pull at a fixed
power setting without changing the flight path velocity. This means basically that the
aircraft thrust and drag must be equal.

In order to carry out the caloulation, it is necessary to specify the Mach number and
altitude at which data is desired. The engine power sctting, gross weight, percentape
of fuel carried, atmospheric conditions, aerodynamic configuration and number of en-
gines are set equal to the values used in calculating specific excess power as desceribed
in Section 6,3,1 .
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Given this information, the program calls subroutine PROPUL (Section 6.1.3 ), AERO
(Section 6,1.1 ), ATMOS (Scction 6.4.11 ) aund FEQMA (Section ¢, 4,1 ).

6.3.3 Maximum Speed, This routine determines the maximum speed capability of

a fixed geometry aircraft at various altitudes, Therefore, the only additional inputs
required for this calculation are the altitudes at which data is desired. The engine
power setting, gross weight, percentage of fuel carried, atmospheric conditions, aero-
dynamic configuration and number of engines are set cqual to the values used in the
specific excess power and sustained icad factor calculations.

Given the above information, the program calls subroutines MAXVEL (Section 6.4.3 ),
PROPUL (Section 6.1.3 ), AERO (Section 6,1.1 ), ATMOS (Section 6,4.11 ), and
FEQMA (Section 6.4.1 ), in an iterative fashion until the equations of motion are sat-
isfied such that the normal load factor is one and the tangential acceleration is zero.

6.3.4  Ceiling. This routine determines the maximum ceiling capability of a fixed
geometry aircraft at various speeds for a given minimum rate of climb, Required in-
put for this routine consists of a specified rate of climb and a matrix of speeds for
which ceiling data is desired. The engine power setting, gross weight, percentage of
fuel carried, atmospheric conditions, aerodynamic configuration and number of engines
are the same as those used in the specific excess power, sustained load factor and max-
imum speed calculations,

Given this information, the program calls subroutines CEILING (Section 6,4.6 ),
PROPUL (Scction 6,1.3 ), AERO (Section 6.1.1 ), ATMOS (Section 6,4.11 ),
MAXRCV (Section 6.4,2 ), and FEQMA (Section ¢,4.1 ).

6.3.5  Takeoff. The program contains two different procedures for calculating the
takeoff distance over a 10, 668 M (35-ft) obstacle - one being empirical and the other semi-ana-

lytical. Through input, the user can dictate the use of cither or both procedures.

6.3.5.1 Empirical Procedure. The empirical procedure consists of determining
takeoff distance as a function of span loading (WTO/bZ) and static thrust to weight ratio
for an engine out condition (TS’I‘O (Ne - 1)/ WT())- Wy is the maximum aircraft take-
off gross weight, b is the wing span, Tgp( is the sea level, standard day static thrust
and Ne is the number of engines, Figures 6-28 and 6-29 present the required run-
way distance, in meters (feet), for a two~ and four-engine aircraft, respectively. Results
for a three-engine configuration are found by averaging the two- andfour-engine results.
It should be noted from these figures that the range of empiricism is fairly narrow.
Thus, results obtained outside this range should be viewed with suspicion. Another
drawback to the use of Figures 6-28 and 6-29 is that the high lift system needed to
obtain these takeoff distances remains undefined., The data shown is based on aireraft
whose high lift systems have been individually optimized, and are therefore all differ-
ent, Advantages of using this empirical procedure include the fact that the required
climbout flight path angle, ¥4, has been satisfied through selection of the proper high

6-47



Yerday sudug-z — sdueysiqg Jjoodey, [eornduy Rz~ 2andiy

dF M\N:\.wq__ - fwmpreo) uedo

felifes evoodan

ok Ny . .
wo poeng

¥ '

mng

IR
e

uE\v_ - Anpeoy uedg

6=-48



ALITY

AGE 1B

mtiGINAL P
¥ POOR QU

yeaoayy auidug-§ — s0uTIsiqg JJooNel [(eoladury 65~y dandrg

gt .ﬂ:\n.: - fenypwory verdg)

‘e ””‘vm!nw -

b~ -

i

sopodn 1xy L Ty

' ’

MOy Ho pocig

’-

B .

gt

o
1 mdog, sy s

a

i
w A

aourys

N one

AL
—
Ks,

11-"N)

6-49

-~

w /Ry - Bupeo) vedg

4

el ek aetin

KIS

QUALITY

Al
T

OE POooRr




lift system. As will be discussed in the semi-analytical approach, this etiminates
the nccessity of reiterating the program to satisfy the climbout requirement. Another
advantage of the empirical procedure is to negate the nced for calculating a takeoff
maximum iift coefficient Cl‘max « In summary, the empirical procedure allows

the user to get a first approximation of takcoff distance without having to calculate
chax or reiterate the program to meet the climbout flight path requirement.

8.3.5.2 Semi-Analytical Procedure. The semi-analyticgl procedure is cc. siderably
more complicated than the empirical procedure. In essence, the procedure goes as
follows:

1. The user selects the takeoff high lift configuration through input variables.

2, For the selected high lift gcometry, the program calculates CLmax using
the high lift eatimation procedures of Section 6,1.2 . TO

3., C is defined as C /0.9.
LCART( LmaxTo
4. The velocity Vg is determined from the eguation
2w
Vv =
S C p Sw
CAR 1‘
TO CAR_
where,
W = airceraft weight
P = air density
Sw = refercnce wing aren

5. A minimum flight speed during sccond segment climb is definad as
Vo =1,2 V§ .
min CARTO
6. The climbout flight nath angle, Yy is8 calculated at the \elocity ngin using
the 1ift and drag ‘haracteristics of the takeoff flap configuration.

7. The associated takeoff distance nver a 10,668M (35-ft) wbstacte is Jetermined
*)
from Figure 6-30 as a function of the parameter W=/C SwTCLm( (Reference 8 ),
)

where,
o = tatio of air density st altitude to that ot sea level

T = sea level static thrust at takeoff power setting
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Figure 6-30 Semi-Analytical Takeoff Distance
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(‘1 litt cocfficicnt corresponding to maximum takeoff rotation angle,
“TO

8., The takeoff distance is multiplied by the 115 percent CAR factor,

At this point, the user compares the results with the {light path angle and takeoff dis-
tance requirements. U these roquirements are not satisfied, the flap configuration
should be revised and the procedure repeated, The procedure is thus an iterative one,
which requires a knowledgeable user to properly revise the flap configuration as
necessary.

6.3.6  landing. As in takeoff performance, the program can determine landing per-
formance in either one or both of the following ways: through an empirical procedure
or through a semi-analytical procedure,

6.3.6.1 Enmirvieal Procedure, The empirieal procedure is, by far, the simpler of
the two methods, The program merely determines an approach speed as a function of
wing span loading (WT()/bz) from Figure ¢-31 and thea determines the required land-
ing distance over a 15, 24M (50-ft) obstacle from Figure ¢-32 as a function of the
approach speed, The approach speed is seen in Figure 6-31 o alen be a function of
the typo of flap system (i.e., single, double or triple sloited) and the number of engines
(two or four). The approach speed for a three-engine configuration is determined by

averaging the iwo- and tour-engine results. Note, also, that the single and double slotted

data have beon assumed identical,  All data is based on configurations having optim-
ired flap systems so as to meet the landing approach gradient regui rements,  Thus,
the empirvical procedure allows the user to get a first cut estimate of landing distunce
without naving to specifically identify a high lift system or the associated aerodynamic
coefficients,

6.,3.6.2  Semi-Analytical Procedure, The semi-uanalytical procedure is consider-
ably more complicated than the empirical procedure. A general outline of the method
Is as follows:

1. The user selocts a landing high Lift system through input vartables.,

2, Using the aevodynamic high iift procedures of Section ¢, 1,2 , the program

caleulates Cp, o for the selected high Uit system.
1.

3. C I‘(‘ARL is defined as C Lmuxl"/ 0,9,

4, Following the requirement that the approach stall speed shall be less than or
oqual to 1,1 *‘mes the landing stall speed

¢ - 1.2
l‘upp Lc.-\n1
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G.

For an initial defined airplane weight (W), a landing stall speed is cateulated
as

v 2W
) PC Sw
CAR I.
p AR
VA
where,
p - air density
Sw =~ reference wing area
C1 = maximum lift coofficient for landing based on Civil Air Regula-

'CARL tion (CAR) requirements

Since CAR regulations require the approach speed to be greater than or equal

to 1.3 times the landing stall speed

\Y L3 Vv
app

3

’SC AR
L

The landing distance ovor a 15. 24M (50-ft) obstacle is found from Figure 6-33
(Reference 8 ). The data as-

as a function of the parameter W/0 SW € CAR
L

sumed a touchdewn speod of 1.15 Vg AR and a constant ground deceleration of

D
T ft/sec”.

The distance obtained from Figure ¢-33 s divided by 0.6 to abide by CAR
rogulations.

Having found the landing distance over a 15, 24M (50-ft) obstacle for the landing flap
conditivn, the program proceeds to determine the approach flight path angle in the
following manner.

9. The user defines a new high Hft configuration during approachy through input
variables.,
10.  Using the high lift acrodynamic procedures of Section 6,1,2 4 the program
calculates (‘l Cy. for the approach high lift system,
‘CAR max
A A
0.9
11,  The CAR maximum lift coefficient for the approach high lift system
C1 ) is then compared to the required Lt coefficient for approach based
‘CARQ
u-55
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on the landing high lift system (CI‘app = 1,21 Cme

/ 0' 9 ) . If
L)
CLC ARA< CLupp the approach high lift system is set to the next set of input

+ 5 . th < “ i l »
variables (Step 9). If CL"““‘A > CI'upp e approach flight path angle 'yapp

is calculated using the approach velocity (Vapp) and high lift system acro-
dynaniics,

12. The approach high lift system is set to the next set of input variables and
Steps 9 through 11 are repeated.

13. When the program exhausts the list of approach high lift systems, it returns
to Step 5, resets a new airplane landing weight and proceeds through Step 12
again,

In essence, a landing distance is calculated for a given landing high lift system and a
given landing weight. The program then allows the user to input numerous combina-
tions of approach high lift systems so as to satisfy the CAR requirement that Vapp
>1.3 VSC ARy’ If this requirement is met, or if the list of input configurations is
exhausted, the program will begin the process over for a new value of landing weight.

6.4 SUPPLEMENTARY ROUTINES. Certain functional routines such as solving the
{light equations of motion, optimizing a given parameter (c.g., speed for maximum
specific range), integration, and data storage, have been divided into separate sub-
routines for more efficient computer usage. These supplementary mission routines
are described in the following sections.

G.4.1 FEQMA (Force Equals Mass Times Acceleration). This routine solves two
dimensional equations of motion and calculates accelerations due to propulsion and
acrodynamic forces, iterating when necessary to define up to two unknowns (e. g.,
ungle of attack),

The routine solves the Newtonian equations of miotion in order to determine the basic
mission flight conditions. Up to two unknowns may be determined. Three optional
routines have been programmed, depending on which parameters are unknown. Each
type of flight condition (i.e., whether climb, acceleration, or cruise) defines the un-
knowns, and therefore also defines the option required.

For all options, certain flight and airplane parameters must be defined. These are
speed, altitude, airplanc weight, number of operating engines, and the thrust line

incidence,

Option 1 determines angle of attack and flight path angle, given a power setti g, norm-
al load factor, and tangential load factor. It is applicable to climbing flight conditions.
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Given these parameters, the atmospheric, propulsive, and aerodynamic parameters
arc determined, at first for assumed (current) values of angle of attack and flight path
angle, and the component forces derived, A flight path angle is then calculated, based
on the required tangential acceleration, and the component forces recomputed.

Ftan ential
Y = arc sin —angemlal | GT

w
Flift B Fnormal - WeosY
Fdrag B Ft:amgential - Wsiny
where:
GT = the desired tangential load factor
Ftangent.i al = component sum of aerodynamic and thrust force tangential to
flight path
w = airplane weight on current iteration

The desired normal acceleration is obtained next by iteration, thus solving for angle of
attark, A Newton-Raphson linear extrapolation procedvre is used to zero the param-
eter (and estimating angle of attack)

GN B G'normal calculated

where, Gy is the desired normal load factor,

Flise

Gnormal calculated =~ W 1.

With a new estimate of angle of attack, the above procedure is repeated, and the iter-
ation continues until the parameter

GN Gnormal calculated

q
N

S |

reduces to zero within a given tolerance,

Following completion of this iteration, the airplane accelerations and rate-of-climb
are computed,

e s 1 e e . -
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Accelerating flight is represented by the second option, which solves for angle of
attack and tangential acceleration.  The parameters required are power setting, flight
path angle, and normal load factor, As for the previous option, the atmospheric, pro-
pulsive, and aerodynamic parameters are determined, and component forees calcu-
lated, Angle of attack is iterated to provide the required normal load factor, using
the Newton-Raphson procedure as described under option one.  Again, once the itera-
tion is completed, the airplane accelerations and rate-of-climb are computed.

Option three is applicable to cruise and loiter conditions, where angle of attack and
power setting are solved [or given values of flight path angle, and normal and tangen-
tial accelerations. Atmospheric conditions and aerodynamic lift and drag are deter-
mined as before, using the current angle of attack for the initial estimate. A thrust
required is computed by solving the force equation normal to the flight path, so as to
oliminate the ram drag term

(GN - 1. +cos ('y))W - Lift

Thrus'tRequired - sin (@ 4 1)

where:

1ift

it

airplane aerodynamic lift force

i

o alrplane angle of attack

The power setting, ram drag, and fuel flow are determined using the propulsion rou-
tine, The component forces, normal and tangential to the flight path, are then calcu-
lated, using expressions previously presented.  The angle of attack is iterated, using
the Newton-Raphson method as previously described, to obtain the desired tangential
acceleration.  When this is completed, airplane accelerations and rate~of-climb are
computed.

6.4,2 MAXRCV (Maximum Rate-of-Climb sSpeed).  This routine determines the
maximum rate-of-climb, and the accompanying speed, at any given altitude, being
used when caleulating a max R/C climb, or a ceiling,

For a given power sctting, and/or given normal and tangential load factors, the tlight
conditions, including rate-of-climb, are calculated at three velocities, The three val-
ues of R 'C are then examined; if R/C increases with increasing veloeity, the velocities
are incremented positively, and the rates-of-ciimb recaleulated; if R/C increases with
decreasing veloeity, the velocitios are ineremeated ucgatively, and the rates-of-climb
recalculated; if the R/C data indicates a minimum value (R/C for the lowest and the
highest velocities are both larger than that for the middle veloeity), an informative
statoment is outputted, the velocities are incremented positively, and the rates-of-
climb recalculated; if, and when, the R/C data indicates a maximum value ithe R/C
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for the middle velocity being higher than that for the other two), it is curve fit quad-
ratically, and the maximum ratc-of-climb speed derived from the curve fit, Oncc ““e
maximum R/C speed has been defined, it is checked against given minimum allowa e
speed and Mach number, and the greatest value is retained. Checks gre then made
against the minimum flight speed (maximum allowable flight angle of attack) and the
maximum velocity (using the maximum allowable power setting).

6.4.3 MAXSRV (Maximum Specific Range Speed). This routine is used to detcrm-
ine the optimum cruise speed, by calculating the maximum specific range at a given
altitude.

For a given required rate-of-climb, and for given normal and tangential load factors,
the flight conditions are calculated at three velocities, including the specific range,

_ v
" fuel flow

SR

where:
V = airplane velocity

fuel flow = fuel consumption rate

The three values of specific range are then examined; if SR increases with increasing
velocity, the velocities are incremented positively, and the specific ranges recalcu-
lated; if SR increases with decreasing velocity, the velocities are incremented nega-
tively, and the specific ranges recalculated; if the SR data indicates a minimum value
(SR for the lowest and the highest velocities are both larger than that for the middle
velocity), an informative statement is outputted, the velocities are incremented posi-
tively, and the specific ranges recalculated; if, and when, the SR data indicates a
maximum value (the SR for the middle velocity being higher than that for the other two),
it is curve fit quadratically, and the desired optimum cruise spced derived from the
curve fit. The desired cruvise speed can be defined as that producing some percentage
of maximum specific range; in this case two velocities are derived, the higher velocity
always being chosen, Once the optimum cruise speed has been defined, it is checked
against given minimum allowable speed and Mach number, and the greatest value is
retained. Checks are then made against the minimum tlight speed (maximum allow-
ahle flight angle of attack) and the maximnm velocity (using the maximum allowable
power setting).

6.4,4 MAXENV (Maximum Endurance Speed). This routine derives a desired opti-
mum loiter spved, by determining the maximum endurance, and the ccompanying
speed, at any given altitude,

For a given required rate-of-climb, and for given normal and tangential load factcrs,
the flight conditions are calculated at three velocities, and the endurance is defined as
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The three values of endurance are then examined; if EN increases with increasing vel-
veily, the velocities ave incremented positively, and the endurances recalculated; if
EN increases with decreasing velocity, the velocities are incremented negatively, and
the endurances recalculated; if the EN data indicates a minimum value (EN for the
lowest and the highest velocities are both larger than that for the middle velocity), an
informative statement is outputted, the velocities are incremented positively, and the
endurances recalculated; if, and when, the EN data indicates a maximum value (the
EN for the middle velocity being higher than that for the other two), it is curve fit
quadratically and the desired optimum loiter speed derived from the curve fit. The
desired loiter speed can be defined as that producing some percentage of the maximum
endurance; in this case two velocities are derived, the higher velocity always being
chosen, Once the optimum loiter speed has been defined, it i{s checked against given
minimum allowable speed and Mach number, and the greatest value is retained., Checks
are then made against the minimum flight speed (maximum uadowable flight angle of
attack) and the maximum velocity (using the maximum allowable power setting).

6.4.5 MAXSRH (Maximum Specific Range Altitude). The optimum cruise altitude
is found by determining the maximum specific range, The maximum specific range,
and the accompanying speed, is found at three altitudes. The three values of specific
range are then examined; if SR increases with increasing altitude, the altitudes are in-
ciremented positively, and the maximum specific ranges redetermined; if SR increases
with deereasing altitude, the altitudes are incremented negatively, and the maximum
specific ranges redetermined; if the SR data indicates a minimum value (SR for the
lowest and highest altitudes are both higher than that for the middle altitude), an in-
formative statement is outputted, the altitudes are incremented positively, and the
maximum specific ranges redetermined; if, and when, the SR duta indicates a maxi-
mum value (the SR for the middle altitude being higher than that for the other two), it
is curve fit quadratically, and the maximum specific range altitude derived from the
curve fit. This altitude is theu compared to the maximum altitude boundary of the air-
plane (based on the minimum ceiling rate-of-climb and the maximum engiae power
setting), and the lower altitude of the two chosen.

6.4.6 CEILING (Altitude Boundary). This routine checks altitude boundary and, if
exceeded, calculates the maximum allewable altitude,

At any given altitude, the maximum rate-of-climb is determined, using the applicable
maximum engine power setting, If this max R/C 1s less than the allowable mimmum
ceiling rate-of-climb, the altitude at which the minimum R/C is attainable is determ-
ined by an iterative procedure, [Ihis iterative procedure uses a Newton-Raphson lin-
car extrapolation method to estimate the desired altitude, thus requiring data for only
two altitudes at a time.
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6.4.7 MINVEL (Minimum Speed Boundary). This routine calculates the rainimum
speed flight houndary for a given specific condition by solving the equations of motion,

The velocity of the airplane is found which solves the cquations of motion with the
angle of atlack at the maximum allowable for flight. Three flight conditions can be
specified; fixed power setting and tangential acceleration, with flight path angle vari-
aole (e.g., climbing flight), fixed power setting and flight path angle, with tangentinl
acceleration variable (e.g., an acceleration), or fixed tangential acceleration and
flight path angle, with power setting variable (e.g., cruise or loiter flight).

For the first option, with flight path angle as a variable (given power setting and a tan-
gential load factor), the following procedure applies:

At given conditions of speed, altitude, and normal load factor, the atmospheric con-
ditions, the propulsive thrust and fuel flow, and the aerodynamic lift and drag are de-
termined. The vector force sums are culculated as follows:

F = Lift + Thrust sin (ay)
normal
= T 3 N\ - -
Ftangential T'hrust cos (a¢) - drag - ram drag
where:
at = the angle of attack of the thrust vector

thrust = total installed engine thrust

drag = ajrplanc aerodynamic drag

Ram drag = drag force generated by engine intake system

The airplane flight path angle is calculated for the given tangential load factor,

F
Y = arc sin W -tang_e_ntial
tangential
where:
Gt' ntial = tangential load factor

and the excess force vectors in the lift and drag direction are,

Fiige = Fnormal - Weos Y

l"drag ) Ftnngential - WsinY
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The velocity is then iterated to provide the given normal load factor, the normal load
factor available being calculated as,
i

Cpormal calculated ~ W ' !

The Newton-Raphson linear extrapolation procedure is used to zero the parameter

Gnormal - Gnormal calculated

where Gno is the required given normal load factor.

rmal

The above procedure is repeated until the parameter,

Gnormal B ('normal calculated

normal
reduces to a given tolerance,

For the second option, with tangential acceleration as a variable (given pov.er setting
and flight path argle), the procedure below is followed: .

The atmospheric, propulsion, and aerodynamic parameters are defined as before, and
the normal and tangential force vectors are also calculated., Since the flight path angle
is given, the excess forces in the lift and drag direction can te calculated as

Fiit =~ Frormal ~ W08

- - W sin ¥
Fdrag Ftangcntial sin 7

The velocity is then iterated as before to provide the required normal load factor.
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For the third option, with power setting as a variable (given tangential 2occleration and
flight path angle), the procedure as follows:

(Gnormal ~ 1 cosY) W - Lift

Thrust required - in ("‘t)

The resulting force vector sums are,

Fnormal = Lift + Thrust sin (o t)

Ftangenti al - Thrust cos (o t) - drag - ram drag
Flift = Fnomal-Wcos'Y

I“drag - Ftangential - Wsiny

The velocity is t en iterated to provide the given tangential load factor, the load factor
available being calculated as,

E Al

G  ldrag
tangential calculated v

The Newton-Raphson linear extrapolation procedure is used to zero the parameter

Gtang;ential - Gtangential calculated

‘her i ' ‘tor.
where Gta.ngentj al 8 the required given tangential lcad factor

The abovu procedure is repeated unti! the parameter,

Dad

Gtangenﬂalﬂ " . wential calculated

L . .
Vet el

reduces to a given tolerance.

For all three options the airplane accelerations and rate-of-climb .re calculated after
fteration for the desired variables is complete,
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. ) %2 Flin

normal w

G_F

a - Z drag
tangential w

ax = aT cos Y -aN siny
az = aN cos Y +aT sin?Y
R/C = V siny

where 7 7 is the acceleration due to gravity.

6.4.8 MAXVEL (Maximum Speed Boundary). This routine calculates the maximum
speed flight boundary for a given specific condition by solving the equations of motion.

The velocity of tii: airplane is found which solves the equations of motion with a given
max:mum power setting. Two flight conditions can be specified: a fixed flight path
angle with tangential acceleration set to zero (maximum speed for acceleration), and a
given fixed flight path angle and tangential acceleration (cruise or loiter), In each of
the above, angle of attack is variable.

For the first opilo~. given a fixed flight path angle and setting the tangential accelera-
tion to zero, the foilowing procedure is used,

At given vol.ees of altitude, power setting, and nornm.al load factor, the current velocity,
the atmospheric conditions, the propulsion thrust and fuel flow, and the aerodynamic
lift and drag are determined The vector force sums are calculated as

F = Lift + Thrust sin (a,)
normal t
= ot - -
Ftangential Thrust cos (¢, ) - drag - ram drag
F]w‘ = F -Wcos?Y
normal
deg N Ftzmgential - Wsiny

where oy is the angle of attack of the thrust vector.

The angle of attack is then iterated to provide the given normal load factor, the normal
load factor uvailable being calculated as,

Flift

- == 41

“hormal calculated W
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The Newton-Raphson linear extrapolation procedure is used to zero the parametcr

~

bnormal - Gnormal calculated

where Gy ormal 15 the required given normal load factor. This procedure is repeated
until the parameter,

—~

Gnormal B (Jnormal calculated

G
normal
reduces to a given tolerance,

The velocity is also iterated to provide the given tangential load factor, the tangential
load factor available being calculated as,

F
G - drag
tangential calculated w

The Newton-Raphson linear extrapolation procedure is used to zero the parameter

Gtangentlal N Gtangent:ial calculated
where Gtangenti al is the required given tangential load factor.
The entire procedure above is repeated until the parameter,

Gtangential B Gtangentia.l calculated

Gtangential
reduces to a given tolerance.

For the secoud option, given a flight path angle and a tangential acceleration, the pro-
cedure is the same as for the first option.

Following determination of the maximum speed for the given flight condition, the air-
plane acceierations and rate-of-climb are calculated,

. Sz %un
normal w
G_F
a _ 4 drag
tangential w
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0 -a n
nx aTc 8Y Nsi Y

a - a..CosY +a_sinY
Z N T

R/C = VsinY
where GZ is the acceleration due to gravity.

6.4.9  MSNINTG and GILL (Integration Techniques). The integration technique uscs
the method of 8. Gill (Reference 9), which was specifically derived for efficient usc of
electronic computers, Furthermose, calculation of the required derivatives has been
generalized so that a performance routine has only to define required indexes, coun-
ters, and parameters.

Eight parameters can be integrated; time, distance, fuel, weight, altitude, velocity,
flight path angle, and altitude. Integration can be done with respect to any one of these
parameters. The chosen parameters are defined by the mission segment performance
subroutines (i.e., climb, acceleration, cruise, loiter, or combat). The GILL integrat-
ing routine requires four passes to accomplish the integrating step:

Pass One — takes devivatives at the start of the integration interval and pre-
dicts conditions at the middle of the interval;

Pass Two — takes derivatives based on predicted conditions at the mid-interval,
combined with derivatives from the first pass, and repredicts conditions at the
mid-interval;

Pass Three — takes derivatives based on latest estimate of mid-interval condi~
tions, combined with derivatives trom the first two passes, and prediets end-ol-
interval conditions; and

Pass Four - tiakes derivatives based on end-of-interval conditions, combined
with derivatives {rom previous passes, and calculates conditions at the end of
the interval,

6.4.10 MSTORE (Mission Data Storage and Expendable Fuel Tank Release), The
mission performance data, as it is calculated, is stored in a bi-dimensional array, so
that the data may be recalled and outputted when required. The capability to restore
parameter values to the previous integration step is available by the entry RESTORE.
This is utilized by the mission performance routines when, for example, a termina-
tion value is exceeded after an integration step is completed, and the integrating inter-
val is decreased.  When a problem during an integration step occurs, such as the
climb rate becoming negative, the entry RESET will resot the parameter values to
those at the beginning of the current integration step.

Adjustment of wirplane weight and aerodynamics, based on fuel usage, is also handled
by this subroutine, This is normally required when disposing of external fuel tanks
during the mission,
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6.4.11  ATMOS (Atmospheric Data). This routine calculates atmospheric data for
a 1962 ICAQ standard day, a MIL-STD-21CA tropical day, or a constant ambient tem-
perature.

Three alternate atmospheres are available, The standard day atmospheric conditions
are computed as outlined in Reference 10, The tropical day atmosghere is coriputed
using the procedure set forth in Referencell (MIL-STD-210A). For a constant tem-
perature atmosphere, the procedure for standard day atmosphere is followed, except
that the temperature is the value input.

6.4.12 QUAD (Quadratic Curve Fit). This routine is used to fit data computed by
the program for extrapolation, interpolation, or optimization purposes.

Given three x,y, points the coefficients of a quadratic curve fit ar~ calculated, giving
2
Y=aX +bX +c

The X value for the minimum or maximum value of the curve (first derivative equal to
zero) is also calculated

b
XROOT T 2a

This routine is used by several subprograms in order to determine maximum or mini-
mum values for a parameter (e.g., max R/C, max SR, etc.).

6.4,13 KABD (Hyperbolic Curve Fit Evaluation). This routine is used to evaluate
data which is input in the form of curve fit coefficients. The evaluating equation is
depicted by the equation

Y +bh 4+ dX

B X~a
wherek, a, b and d are the inputted coefficients. Using this equation, and dependent
variable Y can be evaluated at the independent variable X,

6.4.14 NWRP 2 (Newton-Raphson Linear Extrapolation Procedure). This routine
linearly extrapolates from two pairs of X, Y, values, and derives the -X value for a
zero Y.

Fy -~ Y & - %)
¥, -Y)

X =

For most iterative procedures, the parameters can be adjusted so that the desired
value is zero.
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6.5 SIMPLIFIED PERFORMANCE ANALYSIS

‘The purpose of the simplified performance analysis is to approximate the performance,
propulsion and loads data required for the quick-look vehicle sizing integration cycle.
The subroutine (RULES) is designed to provide wing loadings, thrust-lo-weight ratios,
fuel weights, and gust load factor, The takeoff weight is updated in the weight sub-
routine during the iteration cycle. The equations are segrogated into five groups, in-
cluding the data for takeoff and landing ccudition, climb condition, cruise condition,
design condition, and a gust load approximation.

Data developed for the takeoff and landing condition includes lift and drag coefficient,
wing loadings, and thri:st-to-weight ratio. The wing loading is derived from the
landing field length requirement, lift and drag cocfficient, and assumed deceleration
rates. The lift coefficient is computed as a simple function of aspect ratio, The drag
coefficient is computed as a simple function of aspect ratio, The drag coefficient is
con._ ated from an equivalent skin friction drag coefficient and aireraft wetted arca. The
thrust-to-weight ratio is derived from to'.coff thrust requirements for the landing

field lencth specified. The cquations are:

Maximum Lift Coefficient

K,
"L
C . max
Lm*m 14 3 )
' AR
where
CL = maximum lift cocfficient
max
"‘CL = lift cocfficiont scaling factor
‘max
AR = wing aspoct ratio

‘The lift cocfficient scaling factor (kCL ) is equalized to the baseling wing configuration,
max

Then as the baseline wing aspect ratio is varied the offoct on € Limax will be accounted for

in the resizing operation, The value for the 1ift coefficient scaling factor is obtained
from the cquatjon:
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max

where

key,

max

max

AR

3
=Cy, (14—

i

max AR )

1ift coefficient scaling factor
maximum lift coefficient for baseline wing

wing aspect ratio for baseline wing

Coefficientof Lift - Landing

CLland

where
CLiana

CLma.x

0.75 Cp,__ )

= coefficient of lift @ landing

calculated meximum lift coefficient

Coefficient of Drag - Equivalent Profile

Swet)
C = 1.1{C et

D, . D )

° < t><hw

where

I

il

n

i

i

coefficient of drag - equivalent profile
coefficient of skin friction (Typ. value = 0,003)
aircrafu total wetted area

theoretical wing area
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Wing Loading - Landing

C 1,
W Lland (o)@) Lfield land
S 420 1.67 n K E(CL )
o w (AR)(e) 10%
where
w
- = wing loading @ landing
S hand
4 = ient )
CL land coefficient of lift @ landing
o = air density ratio @ field altitude
a = landing deceleration
Lfield = landing field length
GOHla.nd = minimum ground object height
C, = coefficient of lift @ landing
land
Cp, = coefficient of drag-equvalent profile
kge = greund effect factor on wing loading @ landing
(Typ. value =90.5)
AR = wing aspect ratio
e = wing efficiency factor (Typ. value =0, 8)
Sw = theoretical wing area

Wing Loading - Takeoff

(oo

where

( )
8 TO
( >
S /land

Wro
wland

il

fi

0

i

(%) (72,)
S Mand \ "1and /

wing loading @ takeoff

wing loading @ landing

gross takeoff wejght
landing design weight
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Coefficient of Lift - Takeoff

CLTO = 0,65 (CL max)

where
CLTO = coefficient of 1ift @ takeoff
CLmax = maximum lift coefficient

Thrust-to-Weight Ratio - Takeoff

(5)
(l) 24,09\ S /1o
V1o " CLqpg Lpo) )

thrust-to~-welght ratio @ takeoff

—

£l

S
il

TO
( -“-’-) = wing loading @ takeoff
S
TO
CLTO = coefficient of 1ift @ takeoff
Lto = takeoff fleld length
o = air density ratio @ field altitude

Data developed for climb conditions include lift-to-drag ratio, thrust-to-weight ratio,
speed, distance, time and fuel weights., The thrust-to-weight ratio is computed for

a sustained angle of climb requirement, and then the greater value of (T/W)pq or
(T/W)olimb 18 used to size the engines. The fuel weight is derived from computations
that assume a climb at best lift-to-drag ratio to a specified altitude and reserve for 45
minutes of cruise. The average specific fuel consumptions for climb and crulse are
input, The equations are:



Lift~-to~Drag Ratio - Maximum

0.5

CL

<__ - 0.5 |L(ELAR).
C D

D/ max °
where

/ Cp,

K——- = maximum lift-to-drag ratio [(L/D)_.__]
Cp max

max

e = wing efficiency factor (Typ. value =0.8)
AR = wing aspect ratio
CDo = coefficient of drag - equivalent profile

Thrust-to-Weight Ratio - Climb

( \Ev) = 0.085 +1
climb / 'c':
()
D/ ax
Oclimb
where
(%) = thrust-to-weight ratfo for climb
climb

maximum lift -to-drag ratio [(L/D)g,..]

/'\O

c°| 5

v
]

average air density ratio for climb

[}
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{

Climb Speed

Veltmb

Climb Distance

Dclimb

where
Dclimb
ALT
Climb Time

tclimb
where
Lelimb

Dclimb

Vclimb

fl

2 e o~ e

()

"climb(CL > )
——— [s]
Cp max

climb speed

12.16

wing loading @ takeoft

0.5

average air density ratio for ciimb

maximum lift-to-drag ratio [(L/D)max]

coefficient of drag - equivalent profile

ALT
0.122 (6080)

climb distance

climb altitude

D climb
V elimb

climb time to altitude
clin:b distance

climb speed
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Fuel Weight - Climb

T
w =W — (SFC )t
TO
fuelc 1imb ( w )climb climb climb)
where

w. = weight of climb fuel

fuel ) imb
Wro = gross takeoff weight

thrust-to.weight ratio for climb

——

el

~—
L]

= gpecific fuel consumption for climb

)
b
nO
g
(=2

climb time to altitude

g-o
B
]

Fuel Weight - Reserve

T

Weel | = SFC., (0.9) (% )TO (0.75) Wygn )
where

Wf“elrs = weight of reserve fuel

SFC,, = gpecific fuel consumption for cruise

T

(— ) = thrust-to-weight ratio @ takeoff
V1o
Wiand = landing design weight

Data computed for cruise conditions include aireraft weight, thrust, speed, lift and
drag coefficients, and fuel weight. The fuel weight for the cruise condition is derived
for a calculated thrust and an input value of crulse specific fuel consumption, The
equations used to develop cruise data are:



Cruise Welmt

w
cr

where

\\4
cr

WTO

Wiuel
C

Weuel
cTr

Cruise Thrust

T
Tor = 0.3 (Wor)(ﬁ",)

where

T
or

WCI‘

T
(W)

Cruise

=W

mb

TO

-W -
fuel 1 ymb

[

]

2

crulse weight

W
fuel
cr

gross takeoff weight

weight of climb fuel

= weight of cruise fuel

G

= cruise thrust

= crulse weight

= the greater value of thrust-to-weight ratio
for takeoff or climb

Tor "‘( (Tcr)2 -

2
4 (CDO) (Wcr )

T (@) (AR)

0.5

)

= cruise speed

= cruise thrust

= coefficient of drag - -*quivalent profile

= cruise weight

= wing efficlency factor (typ. value = 0,8)

= wing aspect ratio

= air density ratio @ cruise altitude

= sea level stindard wir donsity

= theorntical wing arca
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Cruise Speed ~ Maximum

Ve, = 0.8 [29(518.7 - 0.00357 (ALT))"* 3]
max
where
Ver = maximura cruise speed
ALT = climb altitude
Coefficient of Lift - Cruise
(3)
cp_ = 295\ S “TO
cr Ucr(vcr)
where
CLcr = coeffirient of 1ift @ cruise altitude
W
(-S-) = winZ loading @ takeoff
TO
Oup = air density ratio @ cruise al*itude
Ver = cruise speed

Coefficicnt of Drag - C ruise

2

C = C + CL

Der © "Dy * 7 (e) (AR)

where

Dop = coefficiont of drag @ cruise altitude
Cpo = coofficient o drag - equivalent profile
CImr = coefficient of 1it @ cruise altitude
(<} = wing efficiency factor (Typ. value = 0. 8)
AR = wing aspect ratio

L
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Lift-to~-Drag Ratfo - Cruise

()

cr

Fuel Weight - Cruise

Vel
where

wfuelc.‘.

Wzero

Wf"’elclimb

Wiuel .

and

CLcr

C
Der

i

1ift -to~drae ratio @ cruise altitude

coefficient cf 1ift @ cruise altitude

coefficient ui drag @ cruise altitude

23
M sero "wfuelclh;'“;”iuelrs) (10%=2)

we.zht of cruise {uel
zero fuel weight
weight of climb fuel

weight of reserve fuel

RANGE - Da1ymb

(@)

where

RANGE
Deitmb

CL)
Uﬁ-cr

oy
‘\ "l
FC, .

Vor )
bFCcr

crufge fuel coeffic {ent
total range

climb distance
lft-to-drayz ratfo @ cruise altitude
cruise speed

specitic firc! consumption for cruiss
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Data developed for design .onditfons include the total fuel weight, design wing loading,
and design thrust-to-weight ratio. The equations are:

Total Fuel Weight

quel = \Vfue] + “’fuelcr + quelrs

climb
where
Wiiel = weight of total fuel
W = weight of climb fuel
fuel.cu mb
quelcr = weight of cruise fuel
wfuelrs = weight of reserve fuel

Design Wing I.oading

(5) (%)

/

Des
where
(—-‘g ) = design wing loading
Des
(%) = wing loading @ takeoff

Design Thrust-to-Welight Ratio

(=) =108 ()

¥ Des V1o
where
T
(-\-\-} ) = design thrust-to-weight ratio
Des
( L) = thrust-to-welght ratio @ takeoff
Vo
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The loads data required for the weight prediction equations consists primarily of gust
load factors, Approximations for this data are derived in the performance subroutine,
and then updated and expanded in the loads portion of the geometry subroutine, The
gust load factor is derived from the wing goometry and the cruise speed. The wing is
assumed rigid and the effective lift curve slope is approximated as a function of the
wing aspect ratio and horizontal tail area, The equations are:

Wing Normal Force Curve Slopo

CN =6 __[4215 [SH ]
a‘V 1+-£—

W
(AR)
where
CN = wing normal force curve slope
Oy

AR = wing aspect ratio

Sﬂ == horizontal tail area

Sw = theoretical wing area

Aivceraft Inertia Factor - Gust Alleviation

w
2 ('q)
~ Deos
00765 @) (Cyy_ ) (€
Ay

wheore
U = inortia factor for gust alleviation
W
( -q-) = dosign wing loading
Yobes
Tor = afr donsity ratio @ cruise altitude
CN = wing normal forco curve slope
Xy
C. = wing mean aerodynamic chord
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Gust Rosponsoe Factor

K =0.88 ( )

U+5.3
whore
K < gust responso factor
U = jnortia factor for gust alleviation

Incromeontal Gust toad Factor
. . 0.5 .
0.2006 \\m_) Cn ) (crm,) (R)

\4
AN, = WV)
2 (3
N Dos
whoro
AN7 = fncromontal guat load factor
Ver = cruise spoed
CN = wing normal force curvo slope
Chy
Oop = adr donsity vatio @ cruise altitudo
K o gust rogponse factor
(\_\. ) = dosfym wing loading

* Dos

Ultdmato Gust Yoad Factor

whoro
N, ~ ultimate gust load factor
‘G
AN,, v ineromontal gust load factor
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SECTION 7
EXTERNAL LOADS ANALYSIS

Net limit design loads for the fuselage and aerodynamic surfaces are produced by the
external loads program, Net loads are computed by combining aerodynamic loading
with loads due to inertia forces and landing g.ar reactions, The resulting loads data
are in the form of shears, bending moments and torsion loads at a number of stations
along each component as shown in Figure 7-1. The loads data in this form can be used
directly by the structural synthesis pro-
gram, APAS, described in Section 8.0,

The loads program consists of two basic
modules: 1) the aerodynamic surface loads
module, AELOADS; and 2) the fuselage
loads module, BODLOD, The wing load
analysis includes a steady state aero-
elastic capability, which can account for
structural deformation under load. Loads
for wing and horizontal and vertical stabi-
lizers are computed with this module, The
fuselage loads are computed by the BODLOD

Figure 7-1, External loads module. Fuselage aerodynamic loads are

calculated for a unit angle of attack and a

unit dynamic pressure, Incrtia loads for the fuselage are determined for unit transla-
tional and rotational acceleration, Fuselage net loads are obtained by forming linear
combinations of the unit conditions, The angle of attack and load factor from the cor-
responding wing condition are used as multiplication factors,

The symbols used in the loads analyses are too numerous to be repeated following
every equation in the following paragraphs. For convenience, they are grouped together
and defined as follows:

Symbol Definition
ARW aspect ratlo of wing
wing span
CD external store drag coefficient variation with a (per degree)
Eq
C Loy cocfficient of lift variation with angle of attack (per degree)
CLa coefficient of 1ift at zero angle of attack
o
CLE coefficient of 1ift of an external store at zero angle of attack
o
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Definition

coefficient of Jift of the fuselage at zero angle of attack

variation of external store lift coefficient with angle of attack
variation of fuselage lift coefficient with angle of attack

variation of wing carry-through lift coefficient with angle of attack
variation of the complete wing-fuselage lift coefficient with

angle of attack

aerodynamic moment coefficient variation with angle of attack
aerodynamic bending moment coefficient about wing quarter

chord at the mean aerodynamic chord for zero angle of attack

external store aerodynamic moment cocfficient at zero angle
of attack

fuselage aerodynamic moment coefficient at zero angle of attack.
external store aerodynamic moment coefficient variation
with angle of attack

fuselage aerodynamic moment coefficient variation with angle
of attack

variation of wing carry-through aerodynamic moment coefficient
with angle of attack

variation of total wing-fuselage combination aerodynamic moment
coefficient with angle of attack

total section moment coefficient at section quarter chord
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Definition
local chord parallel to plane of symmetry
wing mean geometric chord

wing secton pitching-monicnt coefficient

wing segment lift coefficient
incremental length along wing clastic axis

effoctive value of product of modulus of elasticity and wing
section beam bending moment of inertia

effective value of product of shear modulus of elasticity and wing
scetion polar moment of inertia

semispan of horseshoe vortex

airplane rclling moment of inertin
airplane pitching moment of inertia
total aerodynamic lift on wing segment 1 or segment n

total acrodynamic 1ift on external store

S
fuselage lift in presence of wing, CL + ‘L Ay ]q
¥y A

loading per unit of span perpendicular to plane of symmetry
applied bending moment, also Mach number

total net wing bending moment about an axis perpendicular to the
wing clastic axis

acrodynamic bending mome st exerted on an external store about
an axis through the store acrodynamie center perpendicular
to the fuselage center plane,

moment due to unit pitching moment (see Section 7,1, 3) also
combined compressibility /thickness correction factor (see
Section 7. 1. 8)

two-dimensional lift-curve slope per radian, including com-
pressibility effects, for sections parallel to plane of symmetry

airplanc load factor, positive when inertia loads are downward
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X
tail

XC4

XC4

XCG
\DE

Xk

Definition

balancing tail load, positive upward

dynamic proessure, p\'z,/::

radial distance from vortex core

wing area

wing torque about airplane pitch axis

wing torque about wing elastio axds

torque about wing elastic axis duc to unit pitching moment
(see Section 7. 1,3)

true tree-stream veloelty

vertical component of the free stream voloceity

the overveloeity, total vertical veloeity in the presenco of the
tuselage minus \’,1

4

aivplane gross weight

wash veloeity induced by Hne vortex at perpendicular distance
r from vortex line, positive for downwash

downwash angle at three-quarter-chord point induced tor vortex
systom representing wing and s spanwise 1t distribution

X-axis coordim te of the hovizontal tail acrodynamic load center

local quarter-chord-position along x-axis

quarter-chord-position of the wing mean avredynamic chord
along the x-~axis

location of the vehicle center of gravity along tho x-axis

difference botween angle-ot-attack type and elevator typo
horizontal tail load conter positious along the x-nxis

location of acrodynamic load center of extornal store along the
X-axis

X-uxis coordinate of the tuselage it conter ol pressure

X-axis coovdinate of the neutral point location of the wing-
fuselage combination



Symbol Definition
B ey A ——

x,l_ streamwise dstamce trom piteh retevence anis to contor of pressure
ot balaneing tatl load, posidve when center of pressure §s o rear

of piteh vreferonce axts

X streamwisce distance trom piteh vetervence axis to bound portion of
howseshoe vortex, positive whoen vortes is to rear of piteh voforonce
ands

X A stroamwise distance from piteh reloreonee axds to ateplane Conter
of ravity, positive whoen conter of gravity {s o voar of piteh
roforemto anis

X streamwise distance from pdtch reforence axis to @ line positive
whont & Hne ts to rear of piteh vofoveonce axds

A QK wateriine or s-axis location of the mean acrodynamic chond
quarter-chord point

'/‘L‘D“ wiateriine ov s-axis location of the fuselage deag load

{t

;r'.&‘l\t dl waterline or 2-anis location of the tall deag load

¢

2 waterline or c-axis location of the oxternal store deag tomd

o angle of attack, also vortex sogment angle (see Flgure 7--4

A1 . .

“t final angle ot attack ot section sewro I Hne with vespect o
local free-steeam directionag o L radians @oee Figure 7-3

v » R

Y change in soction angle of attack due to serodynamfe twists and
Jue toall stvaotural twists associated with a floxible wing,
whivch sre oot accounted for by the a, term, radia (see
Fipure T-3 )

My angie of attack of root-zoction cero-1i{t line, radians @ee
Figure 7-3

ag chanpe in scotion angle of attacs due to wing HEt disteibution

) acting on a Qexible wing (@ - 0 for a vigld wing, sadians (see
N
Flpure 70

ay change th soction angle of attack due to butlt-{n stractural twist
o i twist

“\\l the oo UL Hne angle of attack of the wing segmont Wving tnside

budy sect of the fuseiage, with respect o its chovd Hne

i tus tuselage incidence agele with respeet o the oot sovtion

P



Sym bol

%inc tail

c/4

Definition
horizontal tail incidence angle with respoct to fuselage
reference line

clean wing section zero-lift-line angle relative to its chord line

root wing section zero-lift-line angle of attack relative to its
chord line positive tor chord line above 1ift line

vortex segment angle (see Figure 7-4), also co...giessibility
correction factor (see Section 7,1, 8, also upwash angle forward
of the wing (see Section 7.2.1)

strength of line vortex

incremental drag coefficient of external stcre
incremental drag coefficient of fuselage
incremental drag cocfficient of tail

flap deflection

slat deflection

spoiler deitection

external store number (see Section 7. 1.5, also downwash angle
aft of the wing (see Section 7,2, 1)

fraction of wing semispan

fraction of fuselage length

vortex reference angle (see Figure 7-9, also aircraft pitching
angle

aircraft pitching acceleration

function describing the variatioa of the upwash angle in {ront of
the wing (see Section 7,2, 1)

wing leading edge sweep angle

wing sweep angle measured -t the qunrter chord
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\ [AH]
P

\J
‘\)

Y
AAY

da
Matrix Notation

(]

l ]
P

[\

]

[ ¥ “]

Detinition

wing sweep angle measured at the wing elastic anis

fluid density

alr donsity at sea lovel
atr density at altdtude

vortex rotevence angle (see Figure 7-5

flap effectivenoss
slat etfectiveness
spotler effectiveness

rate of change of the upwash angle forward of the wing with respect
to angle of attack

ste of change of the down wash angle att of the wing with respect
to amele of attack

sgquare matriy, cloments of which are designated by use ot
subseripts; for example, clement N is fn tth row and th column
]

oW matrix
column mateis

didgonal matein, which {5 a squave mateis in which all elements

vy
- AN

Are Jetos eaeept those on the principal diagonad u“. S
]

a
nn

ontermal stove influence matriy for seno angle of attack at wing

ot (see Section 7L



Matrix Notation (Continued)

(Ed)

[FMM]

[FMT]

(1)

[Sy]

external store influence matrix, alpha dependent portion (see
Section 7. 1, 5)

unit bending moment structural influence matrix (see Section 7. 1.5
unit torsion moment structural influence matrix (see Section 7,1.5)

identity matrix; that {s, diagonal matrix in which diagonal ‘lements
are equal to unity

aerodynamic-induction or downwash matrix in which eclements
a, relate downwash angle at station i to unit running lift at station

i} dn wing

elasticity matrix in which element a  relate changes 'n streamwise
angle of attack at station 1 to unit rux}ning lift at station j on wing

fuselage image-vortex matrix relating image downwash etfects at
station control points to unit running lifts

fuselage "overvelocity™ matrix



Tl AFERODYNAMIC SURFACE LOADS,  Thes section presents the method used for
computing the steady =state span load distribution on an elastic aerodynanue surtace tor

specificd atrplane werghts and load factors,  The methad is basea on a madificatics of
the Weissimrer L method (References 1 through 5). The theory, originally developed
tor subsonic flow, is valid for supersonic flight provided the flew over the surface s
subsonwe. This is the case for swept wings that operate in the low super-onic Mach
number ramge, where the shock cone lies shead of the leading edge and ne other shocks
are generated on the wing. .

Because equatfons for subsonic flow have been used for supersonic flow with varving
degrees of success, this extended use of subsonic equations s discussed in Reference o,
AMMthough the supersonic equations are derived from hyperbolie velationship ard subsonic
cquation from elliptic relationship, the end results ave surprisingly similav providing
the section Hft curve slopes and conters of pressure for the desired Mach nuaber ame
used and af the aerodvnamie influence matrin has a reduced rogon of influence compat -
ible with the Mach angle. I mcludes the effects of external stores, and fuselage on the
spanw ise loading,

The program performs the symmetrie balance and then disteibutes the shears, moments,
and tomques over the vehiele for each condition, 1t may be used for prehminary suoang

of structural capability by first consideriny the rigrd case. The program caleulates the
El's from a series of assumptions based upon curreat design practices and the caleu-
Lited bondimg moment of the rigid case, This fiest approvinution of the El's and GJ's

15 recyeled once more as an elastic case, The reeyveled results are satsitactory tor

the il struactural desyn,

The inclusion of the effects of flexibility in the solution of the spanwise airtoad distribu-
wapplied to a wing of arbitrary plan form and stiftness disteibution vequires 1 simul-
Leneous solution of equations that vontain both the aerodvnamic nfluence functions and
the stractural influence functions,

Fhe effe ts of fuselage and engine pads on the spanwase loading must e tahen mto
acceount; also the total Lt on cach of the external stores must be considered stmul-
tancously in order to determine the wing loading at a specified load Gactor, .\ nethod
for including such eftects without reconrse to iterative vrocedures for steady state
(light conditions s provided.  The equations are devived so that the spanwase arload
distribution can be evpressed m matein torm in terms ot intluence coefticents tor
acrodvnamie induction and structaral geflecton i oa aanner stmilar o Jhat cmplovend
m Reterenee 7,

The basie method outlined in this section includes detatds of the varous deeanations,
the evnansion of the basic equations to include fuselage interference and store load

cffects, and a method for obtaining compressibility cormections,  In the develonment
of the method, cortiain assumptions that are common to artm! theory apphy . namely:



1. The flow is potential; that is, boundary-layer effects, separation, and com-
pressibility shocks are ahsent or neglibible.

2. The wing thickness is small.
3. A stagnation point exists at the wing trailing edge.

4. The angles of attack aware small so that tan @ ~« (where @) is neasured in
radians) and cos o ~ 1.

5. All drag-load effects, except those due to engine pods and stores, are
neglected entirely in determining the deformations of the wing used in obtain-
ing the equilibrium spanwise airload distribution.

With regard to the structure, the following assumptions are made:

1. Camber changes arising from twisting and bending of the wing are neglected.

2. The elastic twist of the control surface is the same as that of the adjoining
wing structure.

3. The angles of structural deflection © are small so that tan® ~ sin® ~ 6
(where © is measured in radians) and cos©~ 1.

4. Although the angle-of-attack changes, including those due to bending and tor~
sional deformations ot the wing, are accounted for in the determination of the
equilibrium spanwise airload distribution on the wing, this final airload distri-
bution is applied to the geometry of the undeflected wing in computing the bend-
ing and torsional moments.

7.1.1 Method of Analysis. The equations of equilibrium must be satisfied for any
given flight condition to provide the desired load factors and rotational accelerations.

For the symmetric flight condition two equations of equilibrium are used; the summation
of the vertical forces and the summation of the pitching moments must be zero. The
vertical forces include wing lift, fuselage lift, the tail load, external store lift forces,
and the vertical inertia forces. The pitching moments include moments due to the ver-
tical forces and also due to, fuselage drag forces, external store drag forces, tail drag
forces, engine thrust forces, aerodynamic moments on the wing, fuse"age and external
stores, and the moment due to rotational pitch acceleration,

The fundamental problem involved in the aeroelastic solution is the development of a
series of equations that relate the spanwise lift distribution for an arbitrary wing plan
form to the elastic properties of the wing, and to the attitude of the wing under the
influence of aerodynamic and inertia loading.

The wing is divided by streamwise cuts into slices as shown in Figure 7-2. The aero-
dynamic and elastic properties are agsumed to be constant on the slice and t¢ have the
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properties associated with a section at the contor ot the slice,  The problem is now to
dovelop a series of oquations that relaie the spanwiae 1ift diateibation to the propertics
and attitude of the individual sections that form Jhe wing.,

If the two~dimensional wing section {8 considored tivst, the following velutionships for
1ift and dowawash behind an atvtoil ave avatlable from mosac standard toxthoaks on

aarodynanmics;

Kutta-Joukowsky Rolationship

¢ =p\D (0



where:

r ,/‘“'r ds  etrculation (1a)
p - fluid deasity
velocity
. v
4 =span loading m )pat_ —c 2)
(% -
r
W= 3)
r Znr

The circutation I'is takon to be such that, at a apecifiod distance r behind the lifting
line, the resultant of the downwash velocity w and the flight velocity V is parallel to
the section zero-lift line; that is, no [low exists normal to tho zero~lift line at this
point. Then

It (1)

and from equations (1) and (2),

v
' “mua=¢ r
mn {2 ¢ (5)

Substituting oquation (5) into cquation (3) rosults in

ov

m 2

O
v = 44 N ‘v I
r v { (5

w m ¢
0

T m ™

m c2

. [\
In ordor to satisfy oquation (4), the exprossion *;f—’- T“ in equation (7) must be oqual

to 1.0, Sinco the thooretical section two-dine nsional Hft-curve slope te equal to Up,
r must wqual ¢/2, which i8 the distance betweon the lifting line and the threo-quartor-
chord point.
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In the development of the method presented in this report, equation (7) is always used
in the form:

m

_\!) 9,
. )
(V 3c/4 ar f

This simplification requires that the section lift-curve slope m, be the two-dimensional
value (i.e., the value of the lift-curve slope for an unswept two-dimensional wing) and
that the location of the downwash control point D (see Figure 7-2) be one-half of the
local streamwise chord to the rear of the quarter-chord point, or at 3c/4.

‘The essential differenco between a two-dimensional wing and a wing of finite aspect
ratio arises from the nonuniform spanwise loading that produces the trailing vortices
of the finite-aspect-ratio wing. The equations presented thus far are considered to
apply to the finite-aspect-ratio wing when the effects of all the vortices, both bound
and trailing, have been taken into account, The starting vortex is, however, ignored.

Equation (8) in matrix form is:

0

fw] [xno] { }
v = oy 112 )
v i30/4 an f

This matrix relation epresents a series of equations, each applicable to a particular

station on the semispan of the wing, The values of -3 , every one of which is
3c/4

affected by the bound and trailing vortices at all of the wing stations, can be evaluated

from:

jw) 1 { !
v h 4nv[81l Ir\

‘z% (10)

or

e, el (108)

| S
"8 [sllli |

The {S1] matrix in these equations is the aerodynamic influence matrix, which is
derived in Section 7.1, 2.
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Combining Equations (9) and (10) gives:

= 8— 8,142} - [-——] fo d (11)

3c/4
0
[4(]11’1 } [~ ]{l’} {O(} (12)
or
1 9
41:‘0] 15,1 {ee} = {oy} (128)

The series of equations represented by the matrix equation (12) expresses, for any
given dynamic pressure, the relationship between the spanwise variation of running
lift {¢}, the final section angles of attack {og}, and the spanwise variation of the two-
dimonsional section lift-curve slope lu? ols 'The effects of wing plan-form geometry
are accounted for through the elements of the [S;] matrix. The section lift-curve
slope is expressed in the goneral form, m, to permit substitution of actual valuecs
when available from scaled-model tests or to permit correction for compressibility
effects ag describe 1 in Section 7.1, 8.

The final anglo-of-attack variation across the span {04} can be considered to be com-
posed of three essential parts (sce Figure 7-3).

SECTION 1 EQUILIBRIUM POSITION
FLEXIBLE EFFECT

)G & AERD ~ -
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0 = STATIC

(ll;

[} LA

‘ i \ /’n_(;(;rsscnonzsnountm\ e = POSITION
\ N
(

tr /

RELATIVE WIND

SECTION i ZERO LIF( LINE

Figuro 7-3 Angle-of-Attack Definitions and Sign Convention
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}a

f==a1+a +a} (13)

ri ]

For a wing free of external stores, the {Ots} component of the angle of attack caused

by structural deflection of a flexible wing due to the section lifts acting at the section
aerodynamic c *nters is linearly related to the matrix {2} by an expression derived in
Section 7.1.3, as:

! = 18,1 {4} (4)

The wing geometry and stiffness are accounted for in the structural influence matrix
[Sp]. This matrix is based on loadings associated with stations that are parallel to the
airplane plane of symmetry.

The {Otg} component of {a; } is composed of built-in (jig) twist, apparent or aerodynamic
twists such as those due to interference, control deflection, and angular velocities, and
all structural twists of an elastic wing that are not accounted for in the { g} matrix.

Although equation (12) is general, it is not useful in the form given for deter.nining the
lift distribution on a flexible wing since a component of the {os} matrix is itself a func-
tion of the lift. If {as} is therefore expressed as in equation (14), equations (12) and
(13) may be combined 80 as to express the load distribution on a flexible wing in terms
of wing root angle of attack {@,} and any combination of the {ag} twists as:

o
[ yre \ 5,1~ 18,1 {2} ={a} +{e} (15)

By considering the airplane tc be in equilibrium as regards vertical forces and pitching
moments, two additional equations may be written as:

2|2h) {2} + P - nzW =0 (16)

for equilibrium of vertical forces, and

-2 |2hx) {£} + 2q L2he? ) {cmog -Pox +nWx, =0 (17)

for equilibrium of pitching moments about the pitch axis.
Equations (15), (16), and (17) are the basic equations for a flexible wing airplane.
They may be solved simultaneously for the spanwise variation of running lift {2}, the

root section angle of attack, aR, and the balancing tail load, P, as functions of any
design values of speed, gross weight and load factor.
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These basic equations have been altered to include: 1) the effects of forces on the
fuselage; 2) the effects of forces on external stores; 3) the interference cffects on the
exposed wing loading due to the presence of the fuselage and external stores; and

4) the effect of pitching acceleration. The altered equations are presented as equations
(18), (19), and (20). These are the equations used by the program to perform the aero-
elastic solution of the wing and fuselage with external stores. The additional terms,
which appear in these equations, are derived in following sections.

The unknowns, which are solved for simultaneously in the symmetric aeroelastic equa-
tions (18), (19), and (20), are the loading distribution {czc} at each strip, the wing root
angle of attack a,., and the balancing tail load P

Angle of Attack at Each Strip

%=+ {at+{o} (18)
where:
AVZ] M,
{af} = {1} - g8 [Ea] + [V ] X am ] X [[SI] + [Sf]] X {czc}
zJ4] Lo
n n
= mMds tTds _
{cxs}-.é~ TR [ a5 -9ty X{e,c}
AVZ )
{a}:[ X@a)+o + (@ )-la
g Vz r T oLro o OLsect‘
(4 + oy
AV %Lpody inc
+<(0t )+(a )) z sect  body| Y -2 S - 5
incfus OLro"t V2 %Lroot i U}L’s 6fl i 6Sp Sp
o
it 6, +la
Gsl 8l giI
[agn' =qs IIEO]'
o o I
M M
2h 1 ea .| ea
* [m] [cosA} [EIJ%-nz n | ~P § ]+2q[CMS] cm0 ‘
2 T
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2h 1 ea -] ea
+ [t) “—n_{—t +8 {—{ +2q [CTS] |C
[cosA] [GJ}{ z n | mO'IH
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M 1
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The mothad outlined in this report includes aovoral itoms that ave of practical intevest
in the deaggn of a wing for acroclastic offects and sufficiont]ly extongive in scopoe that
almost any type of atrplane configueation may be congiderod.  The program runs suf-
ficiontly fast to be useful both in proliminary design studies and i3 as accurato as the
input data for fhal design,

Matrix formulation of the problom haa particular merit for auch a goneral troatment
since discontinuition in anglos or masses due to eithor spocial aorodynamic or struc-
tural foatures can readily be includod,

For those reazons only a fow goneral guides, which might be considerod for suceoss-
ful application of the mothod, ave given,

For m, cqual to 2r, equation (12) will give casentially the same vosults as those given
by the Weissiger L-mothod of Reforence 8, which is valid for wings of avbitrary plan
form and having flat-plate, circular-nze, ov parabolically cambered aivfoil soctions
(Reforences 9, 10, and 11),

The treatmoent of comprossibility offocts usod in this report, whorein each wing section
ig pormittod to hawve {tx own comprosaibility corvection, difters trom the Prandtl-
Glavert mothod in that the wing plan form s not distorted; instead, the angles of attack
wro altored aa indicated by oquation (11).  The treatment adopted has the wmerit of con-
stderable saving in time for oqual or botter accuracy sinco oniy one [S5)] matrix is
required for all Mach numbers.  The mothads of obtaining compressible values of m,
are described in Section 7,18,

LY Acrvadynamic Influence Matrix,  The devivation of the acvodynamice intfluonce
mattix 8] procveds as follows:

Biot-Savart Law of Vorticity

This Iaw was appliod to the bound vortex and the tratling vortices at oach wing steip to
calealate the aovadynamic influence functions:

I'(cos o =~ con g)
i\ iR

A\

whore o and Sare the anglos botwooen the divection of the vortex sogmont and hines
jotning the onda of the sement to the control point (Figure 7-4),  The control point

tn this thoory is locatod at the 0. 750e location of oach strip, w18 the voloaty awdueed
novrmal (o the plane of the wing. ¥

A plane view of the Soomoetry of a typieal horsoghoe vortea on the left-hand wing s

P

phvenan Figure -5, in which distancea and anglos are congtdered positive as indieated

=19



menieaiier  scemon — A e T—— ——v— -
o ]
+ I
R I
—— —im—w ——le W)
p
PLAN VIEW END VitW

Figure 7-4 Definition of Vortex Segmoent Angles
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Fhrure 7-6 Plan View Geometry for Typical Horseshae Vortea

and the senge of the circulation of the eloments of the horseshoe vorten is given
the right-hand moment rule,

Te0



The points V and D ave a typical horseshoe roforence point and a typical control point,
respectively. In the program, the subacript 1 is used for point D and subseript | for

point V.,

The incrvmental downwash vwelocities induced by a single horseshoe vortoex, if down-
wagh velocities are considered as positive, aro:

(1) For the left-hand trafling vortex the relations:
R -8 -1
¥
TAIL; @ 0" at -« cosa 1
NOSE: 8 270 - 6 cos B -ainb
ave substituted into the general relation

T eos ) - (cos §)
L. 4R

W

to obtain the incrementsl downwash vologeity

T sin 9

TR

() From the vight=hand trailing vortex where

R 8 *h
v

Al a0 -2 cos a  sing

NOSE: 8 180" at ¢ cor 8 -1

the incremental downwash velocity is:

« Csine 1)
R dn ® h)

&) From the bound vortex where

R =&

X
TAIL: a - 180" -8 coRa -con B
NOSE: 8 180" =0 cos B - coa

U
[
-



the incremectal downwash velocity is:

T(cos - cos

W
21 ir 8
X

The total dowmwush veiocity at a typical control point & - a complete single horse-
shoe is then:

w - + Cw
WL A3 5"\ W f

I lrsin A i 8sins  cos 2 - .ous 8
-1 A Lo o
4 s -h § ' h .

v ¥ A

Substitution of the identities
s‘ cos 8
T

s‘ cos W
8 +h=— —
y sin ¥

into the preceding equation vietds:

T [1:sias 1 8in @
4n 5‘ s Y cos 6

w

As indicated in Figure 7-6 the control points are assumed to be located on the lett
semispan of the wing so that 8, and 31 represent the pertinent angles for a horseshoe
located on the left semispan and R and YR represent the pertinent angles for the cor-
respo.ding horseshoe on the right semispan, then for a typical control point

¢ gin
1 qnl 1+sin6!‘

.1 .
l\‘L ) 4nsx vos > T cos BL
\
Kl o 1+ siny R 1 *sinGR
. 08 3 6
~msx cos R cos R

k 4m (KL ! KR)
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Figure 7-6 Typical Horseshoe Vortex Control Points

so that in the (SI} or downwas! matrix each element k is computed from the equation:

i . .
1 snuL 1 sinaL l+sin\3R 1+sm9R

koo ~ Tcos®. 3 Tcos8
W
Sx Cco8s L CcOS L cos R cos R

The upper sign is to be used for symmetrical spanwise airload distributions, and the
lower sign can be uscd for antisymmetrical spanwise airload distributions. Note that




X_ -x
sin 9 = D__V

Voo + g sy

yD-yv-h

6=
Y PR Y

The [S 1] matrix therefore is computed from the matrix equation, since {S 1] is equal
k L]
to | ij]

+ » + I3 + . ¢ + .
1 1 + gin ¢L 1+ sin GL 1 + gin R 1+ sin GR
[81] = ] - o] * cos @ ¥ cos 8
% \ 8% cos & R R

vwhere the upper sign is used for symmetric flight conditions and the lower sign can
be used for antisymmetrical conditions.

= 4
Xi xi 1/2 ¢
Sx_. =X -x,

1) 1

2 g 172
Snfy =& -x)AK -x) @, =¥yt )]

2 g 1/2
Sin ¢R =& - xj)/[(Xi -xj) t O, +yj + hj) ]

2 2 1/2
Coo P =0y~ ¥) + B/, - x)° + g, - v+ b))
9 o 1/2
Cost, - y, + vyt hj)/[(Xi - xj) ot yi+ hj) ]
2 g 12
Sy, = O X/ - x)" + o -y - )Py
2 2 1/2
Sl = XK, - x vy -y
1/2

2

Conby =0 =¥y - )G ~x)" 4 o, -y - )Py

y
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Py =) N, =Ny -y = h)T)
Voo i)

Qe e!‘ (\' i A t V‘,

i
Digital progran, dng mrhes oxtensive use of intoger sabseripes (lphabotic cluoeacters
i through n) in pertorming vepoatad operations,  For comparison with the test, the
following tdentitios ave statod:

n N
v
YooYy
o
h h
i
] S
X X
AT

whoere the jth station produces the effoct and the ith statton ts the location where the
eftfoet of the Jth station is boing caleulated.

Stivce the l.\‘ll matrix s used in oquation (12
(%]
S ‘ \ l
| 1l Jed lqn“ {aff

the olements of the ISll nateix are soon to be influonce cootfi-fents velating the incre
moental downwash angle at onch control point o the fatensity of the vamning HE over
each incremont of the semispan of the wing,  n oneral, all the elements in the prin-
cipal diagonal of the |8 ] matrts will atways bo positive and those elements not in the
princtpal diagonal will always be nogative beeause the voloettios wore considored as
posuive downward and wash volocitios from o horseshoe vortex ave downward only in
the rogion behind the bound vortes and betwoen the teailing vortices of that horseshoe.,

7.0 Stractural Influonce Matedx |[Sa], The structural influence matvin velates the
doformation of the structure to the i\k;;\ﬁillg and torsional stiffness propertios and (o
the appliod bonding aid torsional moments, 1t is devived by an application of Cas
tigliano’s theorom,

0y
[t} ]



A part of the general Casiigliano Theorem was used that related the twisting of a
structure to the applied bending and torsional moments by means of virtually applied
moments. Structural properties are represented by the EI and GJ terms,.

m M ds ft'l‘ds
a - +
8 El GJ

where:

as = Elastic angle of attack change due to bending and torsional mowrents
(M, T) along the elastic axis resulting from the series of loads |1.{

m = Beam bending moment per unit pitching moment applied at the station
at which ag is to be determined

t = Torsional mement around the elastic axis per unit pitching moment

ds = Incremental distance along elastic axis

EI = Effective beam stiffness around the axis of the bending moments
M and m

GJ = Effective torsional stiffness around the axis of the torsional moments
T and t

The stations or. the wing for which the angle-of-attack changes ¢ are to be computed
are those on the centerline of each horseshoe vertex.

The above equation can be written in matrix form as:

0 0 0 o
2h 1 2h 1
cos AMEI];M% I [cos AMGJ} i

The elements of [m] and [t} are:

{C!S} = [m]

mij =0 fori>j
mij = = (8in Aj)/?. fori =j
mij = =gin Aj for i <j
t‘j =0 fori>j
tij = (cos Aj)/‘l fori- j
tij = CO8 Aj for i <j
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whore the rows are designated in the program by i and the columns by j.
At the nth strip, the goneral form for the wing Lift is:

L 2h ¢
n nn

where ‘n is the magnitude of the loading and 2 hn is the span of the strip.
The general form of the bonding and torsion moments ave:

M =M cosA -M sinA
n X, n “le n

T M cos A M sinA
n y n v n

n n
where Mxn rolling moment at the elastic axis point around the longitudinal axis
through the local olastic axis veference point due to the total lift of all vortices out-

board of this point. Mv“ pitching momont at the elastic axis point arvound the Iateral

axis through the local olastic-axis referonce point due to the total Hft of all vortices
outboard of this poiut.

The following equations ave developed with the aid of the geometry dopicted in
Figure 7-7,

Int} [1co§’ A) “'1' ~ [sih Al [ul]m
jr [lsiﬁ Allr,) [co8 Al luI];L:

) . 0 0 .
where the elements of diagonal matvicios {cos A] and [sin A] are given by

(cos /\)lj CON (Al) fori j

0 for i *§
(sin A) sin (A,)) fori |
1 0 i fori 7§

aolements of the matrix [u] are given by

UH = 0 forisj
iz-:l‘
C e - L fori ~j
A



= l 1/3 o2 —ot 2Nj 4 1o

Figure 7-7 Wing Segment Geometry and Moment Sign Convention

and the elements of [r 1] and [r 2] are given by

hi e, tan (M)
(r = -
1 4 cos” (Al) 2
e

i
@) = 2 tan (A1)

)y = (gl = O
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If we let

.: T [ o 0 0
I§,] = [m] -~ —]llcos A) lrl}-—lsinA] i} 12n)

cos A [E1]]

N  © o o o

2h 1 N
+ [t] Los A] G lein Al lrzl t [cos Al [ul] [2h]

then
tat = 18,1 1¢t - a18,] Je ol

Note that, oxcept for the structural propertics El and GJ, all terms of [§ ] ave fune-
tions of geometry and station spacing. -

This represents the most general form for the [So] matrix, and each element ayj of
this matrix represents the angle-of attack change in radians at station { due to the
structural defloction of the wing caused by a unit loading at station j. In effect, the
[S.,] matrix is an array of influence coefficients, and ‘he elements of this matrix may
be computed according to the above equation, or, when an actunl wing is available,
they may be obtained by load doflection tests of that wing.

Tolod Fuselage Image Vortex Matrix [S¢]. An image vortex systom lios inside the

fuselage. It was first considered in Reforence 12, ‘This image vortex system induces
a flow that is a first appronimation to that nocessary to satisty the condition that there
be zero veloceity normal to the fuselage.

The fuselage ig assumaed to be of c¢iccular cross soction, of constant diameter, and
infinitely long.

The indi' :dual images of the wing trailing vortices can be shown to be located on a
straight line joining the axis of the fuselage with the axis of the particular wing trail-
ing vortex at a distunco, Ro, from the fuselage centervline such that:

2
P

R (RF)

2 R

where RF is the fuselage radius and R 1 is the distance from the jfuselage axis to the
trailing vortex. }

Similarly, the bound vortices, comnect to the trailing vortices in the transverse plane
of the particular wing bound vortex boing representod,
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Here, again, the Biot-Savant Law of Vorticity is applied, but in a three-dimensional
situation.

Figures 7-8 and 7-9 show the geometry of the left and right fuselage image vortices
relative to the wing.

__~ TYPICAL QUARTER CHORD PLANE
PERPENDICULAR TO FUSELAGE
r/ CENTERLINE CONTAINING LEFT &
RIGHT WING & FUSELAGE IMAGE
INTERSECTION OF FUSELAGE VORTICES
WITH QUARTER CHORD PLANE
-
i .
7T
v ~
AL T
RS———
\ ES——
e ——
/ =
< TYPICAL RIGHT
WING HORSESHOE
VORTEX
TYPICAL
CONTROL \ \%
POINT i
N
TYPICAL
LEFT
» FUSELAGE
TYPICAL IMAGE
WING VORTEX
SEGMENT j

/\
TYPICAL LEFT

WING HORSESHOE
VORTEX

Figure 7-8 Typical Wing Strip Vortex System

Consider first the downwash on the ith control point of the left wing due to the fuselage

image vortex caused by the jth vortex on the left wing. For the vortex elements =a’,
a'b', and b'w:
' W ,==(1+cosA) (Y -Y ')/(A')2
wog! i a
ORIGINAL PAGE IS
OF POOR QUALITY
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Figure 7-9 Fuseclage Imago Vortex Geometry

1 2
Ar ' 4 - - X ' '
Wa‘b' (cos &' - cos 8') (Xi *S C‘ )\j) cos y'/(D')

9
W, = (14 cos ') (¥, = Y',)/(@)

The combined effect is the sum of the elements,

W) =W W w

g7 Moq ! Ve Ve
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Next, consider the downwash on the ith control point of the left wing due to the fuselage
image vortex caused by the jth vortex on the right wing, The vortex elements are =at,
a"b", and b"=,

9
W, == (14 cos x") (Y, + Y'b)/(A")“

waﬂ

w = (cos ¥'" - cos ") (Xi *'% C

2
a'h" = xi) cos 'V'/(D")

i
2
= " S+ Y ! t
wb"°° (1+cosp )(\i ‘u Y/ (B™)

Wy, =W

= ! + W
ij aq" w{l"b" bnm

The following geometric relations apply in solving the above equations.

\r " -\ !
a \b
Yy " RV SO |
b \:1
Z 1" N Z !
a b
VAR B A
b a
o - ARC TAN (zj/(\'j ' hj)). -n/2<a' <2
B8 ARC TAN (Zi/(\'j - hi))' -q/2 <3 <~ g
R =7 /sing'
1a j/;l n 0(i
R A // '
1b j sin Bj
2
R - RE)
2a R
1b
W2
R . {BF)
2b Rl'\



=Y '= 1 \l
YAP a R2a cos B

ZAP  =Z_'=R, 'sing

YBP = Yb' = R2b' cos o'

Zb' = sz' sin o

O A U L R

2 2 2
1 = - '2 - |2
®") =, Yb)+(zi Z,"

Hz = |2 - '2
@) =Y, -2

1
t = " = — -
S 5.1 =X +3 C -
t = - 1 Y ]
Sy Yi (Ya + b )/2
11 =Y t 1
sy Sli-t'(Ya +Yb)/2

' =yt = A (. ' ' - ' -
4! = —y" = ARC TAN [(za 2,0/, - Y, )] /2 <y<n/2
Note that: cos 4" = cos ¥'

2
)

2 2
D’ =(S 'y + ' t-8 ! !
( (x) (Sy sin y Sz cos y')

2 ol " 2
(D™ = (Sx') (Sy sin y' + Sz' cos y')

L and o g nd 12
cosx =8, '/lAY" + 6]
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9

cos XN . SY"/l(Au)" 4 (\ y) l 1/3

2 21/2
cos “v = S“/[(B') + (S‘(‘) 1

cos “n =8 0/[(]3") + (s ') I 1/...

cos 0 ={ian’+ €0 - @y’ - s )

2 D D D)
cos " fian’ + s 07 - e an? s oyt
2 2 2 1/2
cos st = fi” s 0% - o aan’ s 1}

2 2 2 2 2|1/
cos o iy v s 0 - Pyt s 0

Finally

CARNUSIRRCS

f ij

The downwash on the wing due to the image vortex system in the fuselage becomes:

{%} 11v ”r‘ 14 (’n)lql il

s | %c ¢ (1:2a)

‘ lm
o

7.1.5 External Stores Matrices {Eyfand ;EQ}, The following equations are solved for
each external store that is attached to the wing, Since external stores characteristically
induce concontrated loads into the wing structure, their effect occurs only over the part
of the wing between the centerline and the point of attachmem,

} - number of the wingstrip which contains the external store; the
wingstrip nearest the wing tip is Numbor 1,

i “number of wingstrip where E and Eo are being calculated,
o
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MEO = qSc Cm + (cm) o
EO Eloe E

The lift and moment on the external store L and Mg are located with respect to
Point ¢ by the dimensions y. and x¢ as shown in Figure 7-10.

¢
~ A,*,_
| ‘
/;
AN . X
Lol .
\I.”_ ,J L .
[ \f'-’
Ye d‘——»dcﬂq \' ‘\Q‘*
AERODYNAMIC CENTER OF ; o°
TYPICAL EX TERNAL srone\ B A2 '
A
H -
f' Y2
. { L -
€41 _ A4
I
L—' ——
' ! )/ b'zhf"i

Figure 7-10 Typical Extornal Store Geometry
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(o)
{ME}. qst{}\m} CLEO . {XZY"}(CLE)%E - [sin A]{IE} 3 C“‘EO
o - \
- [sin AI{IE} ¢ <(‘m a> afE;
(4]
{TE}-:qS{{sz} ‘L.t {xz'r} (CL >°‘£E * leos M{IE} & Ch
Eg E Eg
° -
+{cos Al {IE} c<(‘mEa)a [ }

where,

o o

{Xgm} = :[008 AR - [sin A {U}

~——

{X:ZT} %‘8“?/\‘ iRt + Icogm{u}}

0
(] 'O\
© (8]
Yc QO
IR} - ’ {1}4,\
\G'd( E .
Y vd v d o+ !
€ € € l
Y +d +d o d \
e« b1 e 2
0
R
0
l Re
jul - .
Ne e
-\(-f ft';l
x‘_f‘-rf’l-r(o)
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Now let
(o] . -
{ 1M} { 2M} CLEO (sin M{{IE}chEO - fpicnzo}
{KZM} {sz} CLE lsi:A]{{IE}cC -{pic ] }
a
{Krr} ) {XZT} Cp *leos A]{{IE - 1Pl “p,
By
L R LN CL ' [°°°M% - 1P b }
(¢

The moment arm about the elastic axis of the drag (or thrust) due to external stores
is:

(P, =0 , 1<
=Zi--zE , 1 2j
), =0 » 1<
=1 , iz

Let

o o
[FMM) = {m] [‘coih,\ E%]

o r O

The final set of stores equations are as follows:

{Ea} = [FMM] {K + [FMT] {K

ZM} 2’1‘}

{Eo} = [FMM] {Km} + [FMT) {KIT}

7.1.6 El and GJ Estimation Procedure. The aercelastic solution requiios values
of EI and GJ for each section of the wing. Since these values are often not a-ailable
during preliminary vehicle design, a method has been provided for estimating them.
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A rigid solution is performed for a worst-case symmetric lcading condition. Based on
the bending moment, BM, at each section of the wing from the rigid solution and cer-
tain structural configuration assumptions, values of EI and GJ are calculated. These
in turn are used in the elastic solution for the remaining loading conditions. The eati-
mating technique is an emperical method based on historical data taken from aluminum
winged aircraft.

Implicit assumptions in the method are: 1) No large cross section areas are unstiffened.
2) The structure ahead of the front spar and aft of the rear spar is noneffective. 3) Wing
torque is ignored. 4) Only the symmetric case is used to size the EI's and GJ's; con-
sideration of the asymmetric case will usually cause some modifications. 5) Present
day structural design practice results in wings sufficiently stiff that the preliminary

and final EI's and GJ's will be within five percent because of the similarity of rigid and
elastic load distributions.

The equations used to calculate the estimates of EI and GJ for at any wing seciion are
presented below.

EL =E* (1.5BM, * heqi)/(fc +1,)

where;
E = the modulus of elasticity of the wing material

BMi = the bending momeni as section i, the 1.5 factor adjusts the bending
moment to account for the ultimate load factor

heq = the equivalent height of the structural box at section i given by
i

heqi =0.91 (t/), C,

where:
(t/c)i = the wing thickness ratio at section i

Ci = the wing chord at section i

fc =the allowable compression stress for the wing material at section i
i
ft = the allowable tension stress for the wing material at section i
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fc and fp are caleulatod based on the applied axial loading intensity, Nx. The curves
presentad in Figure 7-11 reprosent curve fits to historical data gathored for aluminum
airplanes.

N, (kg/CM)
0 1.786 3572 5.358 1.144 /93
'c
(60} +— —m e\ e . —t- = o218
-l
'?’Zj.; SN e |h--m 4
4 ]- ;"
g (40) /’ T 1' Mt snanely ~1-' - -1 6812 3
4 o™
3 =
_E B s st SIS S - g
(20) L e S B T —4- 1.406
------ - - b — 4 - e
(0 & v
{0 (10) {20} {30) (40) (50)
N, {(Iv/in)

Figure 7-11 Allowuble Stress Vorsus Appliod Load Intensity

f 63, 000 ———X

¢ e (NX t 3, 000)
Nx

f 57,000

t ’ (NX t 1,000)

The equivalent load intensity at section i is caleulated from the following equation:

X / C
N\i “Mi/(huq b )
i 1
where:
Ch “the chordwise distanco botween the front and roar spar at wing section i
i

The avoerage skin thickness, tSKi' in the torsfon box at section {, bounded by the front

and rear spars is approximatod by the following oquation, which assumes that 60 per-
cont of the total cross soction is used to suppe vt wing twist with a factor of safoty of 1,5,
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g 0 5) (0.60) Nx 1/’fvi
{

s

The polar moment of incrtia of thu soction, Jj is calculated based on the average skin
thickness by the following equation:

D)
W o= C t ) /(Cl/taw
("'tJ1 4 CJ ( itl) (C1; tSl\i)] G

where:

C 3= the torstonal constant calculated as shown in Figure 7-12

ti -~ the wing thickness as section i

G - tho material shear modulus
7.1.7  Gust Load Factors., Specification MIT.-A-8861 (ASG) 18 May 1960 is used to

detormine the gust load factors. The following equations are programmed in the sub-
routino GUST, which is called when neaded by the subroutine SYBAL,

p V Ud mK
0o & e W

Nl ETT WS
wheru:
pu = density of air at soa level
Ph = dengity of air at altitude
o =P /P
h/ )
v - airspood (EAS) V (TAS) /o
U‘ = guat veloceity (EAS)
(‘J
m = glope of curve of CN voraug «for airplane with flexible wing, 1/vadian
A
w = welght
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TORSION CONSTANT PARAMETER, §
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Figure 7-12 Torsional Stiffness Constant

] = wing area
¢ \ ©average wing chord - avea/span
" *
& - acceleration due to gravity
n (CW/8)/(g Cm' mph). non-dimensional
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KW = gust factor

Subsonic - (0.88u)/(5.3 * w)

1,03 « 04
Supersonic = (4 )/(6.95 + ul 03)

The positive gust load factor is identified as VNZGP and the negative one as VNZGN
in the program. Each appears as VNZ in the printout of the symmetric balance input
data whenever the gust condition is calculated.

7.1.8 Effects of Compressibility and Thickness. The effect of compressibility can
be expressced in terms of Mach number, M, and the sweep angle of the quarter chord,

Ac/4'

Let:

M cos AL /4 % (0. 90 be the subsonic case
0.90 <M cos Ac/4 < 1.091 be the transonic case

M cos Ac /4 2 1,091 be the low supersonic case



For the subsonic case, the compressibility correction factor, 8, is given by:

3]

8- 1,/\/1 -(Mcos A )

For the transonic case,

B = 1/\/1 - (o.s)o)2 ~ 2,29

For the low supersonic case,

B=1/\ /M cos Ac/4)2 -1

A fairly good correction for thickness at M = 0 is (2~ 4 t/c). Combining the above
effects, the combined compressibility /thickness corroction factor, m, is:

m={_2g-4t/c)B
where t/c is the wing thickness ratio

Table 7-1 provides the Mach number at which the transition takes place for two wing
swoep angles.

Table 7-1 Transition Mach Numbers

A c/4 Subsonic Transonic Supersonic
0° M= 0,90 0.90 <M $1.091 M 1,001
20° M. 0,96 0.96 <M <1.16 M>1,16
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7.2 FUSELAGE AERODYNAMIC LOADS, This section describes the method for
calculating the stick-fixed longitudinal stability of a wing-fuselage configuration with
unswept or swept wings at subceritical Mach numbers, The stability parameters
estimated by the method show reasonable agreement with the experimental values for
the 23 configurations used in the comparison, For the wing carry-through section no
theory was available for predicting the loading; therefore, the loading was obtained
from curves based on experiment. The experimental lift-curve slope of the wing
carry-through section calculated in terms of the carrv-through area appears to be
consistent about a value of 0,055 per degree. The method has been used to calculate
the neutral points of 23 configurations. The agreement between experimental and
calculated values has generally been better than 10,04 and is considered to be good
especially for such a large variety of wing plan forms. The method for calculating
fuselage acrodynamic loads is described in detail in Reference 13. The pertinent
sections, which aid in the understanding of the method, are included in this report.

7.2.1 Method of Analysis, The stick fixed neutral point of @ wing-fuselage configu-
ration is defined as the center of gravity location for which the slope of the curve of
nirplane pitching moment coefficient against litt coefficient dCpyp 'dCy, .= vero, In
order to estimate the neutral point of a configuration it is necessary to determine the
additional loading and pitching moment of the configurations. In order to determine
these quantities the configuration is separated into its principal parts and the additional
loading of these parts is calculated. The resultant forces and pitching moments con-
tributed by ecach part are presented in coefficient form as values of (7, and CMa
respectively., «

In the present method, the configuration is separated into the following three parts: 1)
the external wing; 2) the tfuselage fore and aft of the wing-fuselage juncture; and 3) the
wing carry-through section (sce Figure 7-13). Hereafter, the part of the fuselage fore
and aft of the wing-fuselage juncture is referved to as the "fuselage." ‘The carry-
through is considered rectangular in shape; its length is equal to the length of the
wing-fuselage intersection chord and its width is the average width of the carry-through
secction. It is important to note, however, that whenever the total wing avea is con-
sidered in this method the center- section area is the area indicated by the dotted lines
in Figure 7-13. The lift and moment coefficients for the principal parts are caleulated
in terms of the total wang area, The moment reference point is taken as the quarter-
chord point of the mean acrodynamic chord of the total wing.

Complete Configuration

Caleulation of ¢ Obtain Cy as a sum of the lift-curve slopes of the

14 Y1 A\ Al
\\la WE,

principal parts;

Tl
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Figure 7-13 Wing-Fuselage Configuration — Principal Parts

Calculation of CmWF - Determine meF by summing up the pitching-moment-
o o

curve slopes of the piincipal parts:

CmWF = Cmao + CmFa + t’l‘nlu

Calculation of neutral-point location - Obtain the neutral-point location with respect
to the reference axis, expressed as a fraction of the mean aerodynamic chord of the

wing by the relation:

:mWF X
g 18
E . XE ORIGINAL ?“;‘:‘ Y
CLwr ¢ oF POOR @
o

7-45



For swept wing configurations the loading on the fuselage and wing carry-through
sections are much the same as for unswept configurations. However, since the wing
carry-through section for swept wings is located farther from the neutral point of the
configuration, the longer moment arm results in a large pitching moment contribution.
The lift contribution of the wing carry-through section, therefore, must be det¢rmined
as accurately as possible in order to determine satisfactorily the pitching moment
contribution. Thus the assumption that the fuselage lift can be taken as equal to the
lift of the center section of an isolated wing no longer applies and the lift and moment
contributions to both the fuselage and the wing carry-through sections must be obtained.
In general, the method used herein is to estimate the load distribution on the fuselage
and the load on the external wing by theoretical methods, whereas for the carry-
through section it is necessary to develop curves based on available experimental

data for predicting the loading and the aerodynamic center. The theoretical values
that were used in calculating the wing stability parameters were obtained from
Reference 14. That reference was used because it presented a readily available
uniform source of information and showed fairly good agreement when checked with
experiment. The subroutine KAPPA in the program was derived from Reference 14.

The present method for determining the values of C;  and Car, Of the fuselage is
based on Multhopp's method in Reference 15. Good agreement s found to exist
between Multhopp’s method and experimental data on the fore and aft sections of the
fuselage as is shown in Figure 7-14. The experimental fuselage sectional loading was
obtained from unpublished pressure distribution measurements on a wing-fuselage
configuration, For the fuselage section adjacent to the wing, large disagreement can
be seen between theory and experiment. The large difference in loading on the sections
immediate to the wing was caused by the wing, and in the present method this differ-
ence in loading is considered to be part of the wing carry-through loading.

Calculation of CLF - The contribution of the fuselage to lift curve slope CLF is
o o

determined as follows:

Obtain the contribution to lift-curve slope of the fore and aft fuselage sections by a
graphical integration of the following formula, which was derived from Formula (3. 3)
of Reference 15:

LE dgz f2 :B) Pf d(g Yfz :ﬁ
= T o o
C = f dx. + / dxf

L f
F 1808 X £
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Figure 7-14 Experimental and Theoretical Fuselage Sectional Loading
where Yy is the width of fuselage ai any station. The fuselage plan form is divided
into a finite number of sections as shown by Figure 7-13. For each of thesc sections

- . 2d
the parameater (—"— Y —Er)is calculated and plotted against its fuselage longitudinal

2 ' d,
2 d8
d( V¢ =)
station x.'. The meisured slope | ——= ‘- | at each of these stations is propor-
f
tional to the slope of the sectional lift coefficient C f (per radian) of that station.
f

(24

Fo1r the fuselage stations ahead of the wing, values of d8/dy are obtained from the
following formula:

C
B, “x 180
da i K .‘\Rw m

which is the variation in local airflow with angle of attack for the fuselage alone plus
the additional variation caused by the presence of the wing. The parameter ~ is
noted to be expressed as a function of the distance forward of the intersection quarter
chord ci;’-l as shown by Figure 7-15. For the fuselage sections behind the wing,
values of d3/dg are obtained from the variation of downwash with angle of attack

de /dg by the formula:



FUSELAGE STATION X, \
Aj
" 2n[Sie {A)) - Cos (A}) Tan (A yq)) !

xc/d
WING-FUSELAGE
INTERSECTION

a8 ., 4¢
do dey
Calculation of CmF - The contribution of the fuselage to pitching moment curve
o

slcpe CmF is as follows:
o

Obtain the contribution of the fore and aft fuselage sections to pitching moment curve
slope by a graphical integration of the following formula, which was derived from
Formula (3.7), Reference 15.

C T / fda xf.dxf-r/f 2——-1———9-(3-)\ dx

m . a PR
Fo 57. SS v C o f TE X

L< 2_é> Ld( 29_&)

where x¢ is the longitudinal distance measured from the quarter chord of the mean
aerodynamic chord to a finite fuselage station.
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7.2.2 Correlation of Results. ‘The method has been used to determine the static
longitudinal stability of the 23 wing-fuselage configurations and the results are pre-
sented and compared with the experimental results in Figures 7-16 through 7-13.

A comparison between the experimental and calculated values of lift-curve slopes is
presented in Figure 7-16. The calculated values show some disagreement with experi-
ment, however, the disagreement was found to result mostly from low values of CLw
(theoretical) for wings with approximately 45° sweep angle,
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A comparison between the experimental and the calculated values of pitching-moment-
curve slopes for the configurations is presented in Figure 7-17. The results of the
calculations show reasonable agreement with the experimental values. The disagree-
ment that exists, however, can be traced primarily to the disagreement in lift-curve
slopes and to the limitations in estimating the aerodynamic-center location for some of
the lift contridbuting parts. Calculation of the aerodynamic center location of the wing
carry-through section shows that there are probable Reynolds number effects that
have not been considered in the method,

A comparison between the experimental and calculated neutral points fcr the various
configurations is presented in Figure 7-18. The agreement, which is generally
better than +0, 04, is considered to be good, especially for such a large variety of
wing plan forms. The accuracy with which the aerodynamic center and the lift-curve
slope of the “ving can be determined to a large extent determines the accuracy of the
neutral-point location for a wing-fuselage configuration,

7.2.3 Program Description. The program of Reference 16 is based directly on the
theory and experimental data of Reference 13. All curves and table look-ups have been
expressed in equation form. The following subroutine summary indicates how the
large variety of fuselage shapes are treated mathematically, The effect of wing
vorticity on the fuselage characteristics is treated with the aid of the subroutine
KAPPA,

Subroutine Summary

1. SHAPZ - This subroutine provides the coefficie.:ts of a parabolic curve fit through
any set of thi.ee adjacent points. The first step searches through an abscigsa
array until the input abscissa 18 properly vositioned. A parabola is ther defined
by the nearest three points, providing coefficients A, B, and C for the equation:

y=AX2+BX+C

2, KAPPA - Strength of the wing up wash (ahead of the wing), or down wash (behind
the wing ) is computed here,

3. HIT - Given the values of A, B, and C from SHAPE, this subroutine is used to
compute the ordinate of the desired function.

y = AX2+BX+C

4, SLP - Using the coefficients A and B from SHAPE, this subroutine is used to
compute the slope (or derivative) of the desired function.

(-a-,’f() - 2.0 AX+ B
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7.2.4  Fuseiage Unit lnertia Loads. The fuselage unit inertia loads differ trom the
twuununmhb—:ﬁhg inertia loads in that they are caleulated separately and for unit
translatory and rofary accelerations. The wing solution treated both aerodynamic and
inertia loads with a set of simultaneocus solutions for the balanced vehicle,

‘The fuselage unit inertia loads of thi s section are derived with the aid of the digital

program described in Reference 16. These fuselage inertia loads are applied to the

balanced vehicle with the aid of n and § frem the wing solution performed in program
) z

AELOADS,

'The following text was taken from Reference 16 to aid in understanding the scope of
this part of the overall program. The main program and each subroutine ure discussed
in the following paragraphs. The sign convention and geometry data are prosented in
Figures 7-19 and 7-20,

THE ORIENTATION OF LOAD FACTORS, ACCELERATIONS, LOADS, & DIMENSIONS
ISDETERMINED BY THE LEFT HAND RULE ASSHOWN
ty, (34

Figure 7-19 Nomenclatore and Sign Convention
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Figure 7-20 Fuselage Sign Convention

Main Program

This program c.mtrols the subprogram usage and provides the logic for building the
airplane configuration. The following options are available for configuration develop-
ment and may be usel separately or in any combination:

fuselage + contents + .ixed useful loac

fuselage fuel

fuselage payload (internal bomb load, cargo, etc.)

add vertical iail/s to fuselage

add horizontal tail/canard to fuselage

add wing to fuselage

add enginz/s to fuselage

add external store/s to fuselage
Inertia loads are atored in the array E (1,J, K) where:

1
J
J =

fuselage station at which loads are culculated

it

1 load due to n,

8o

load due to ny
T=54
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Jd =3 load due to n,

J =4 load due to o

Jd =5 load due toay

J =6 load due to o,

K =1 X shear

K =2 Y shear

K =3 Z shear

K = 4 L moment (torsion)

K =24 M moment (vertical bending)
K =6 N moment (side bending)

For example, E(o, 4, 2) would be the Y shear (K = 2) due to roll acceleration, a,,
(J = 4) at the fuselage station represented by 1 = 3, The values for each element of
E(I,J,K) are calculated in the various subprograms.

Subroutine UNITL

UNITL is used to calculate the inertia forces, shears, and moments resulting
from distributed weight (slice) data, Slice data is read in this subprogram,
Shear and moment data are stored in the array XYZLMN(I,J,K). "I" refers to
the fuselage stations that separate the slice data, "J" and "K' are the same as
those described in the main program for E(1,J,K).

Subroutine INTPOL

This routine is used to interpolate for shears and moments at the output fuselage
stations located in the array FUSSTA(I). FUSSTA is read by the main program,
The resulting interpolated data are stored in OUTPUT(,J,K). "I'" = the output
fuselawe stations. J and K are the same as those for E(1,J, K) described in the
main program,

Subre. .ine ULOADS

Inertia loads due to concentrated mass items that utilize a single attach point
are calculated in ULOADS. Fuselage shears and moments for components such
as the horizontal tail or canard would be calculated in this routine, These loads
are stored in the array CILODS(1,J,K). 1,d, and K are the same as those
described in subroutine INTPOL.
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Subroutine PLOADS

This routine calculates the fuselage inertia loads due to the wing. The resulting
shears and moments are stored in the array DPCILS(I,J,K). I1,J, and K are the
sanie as those in subroutine INTPOL.

Subroutine ENGINE

Inertia loads due to fuselage mounted engines are calculated in subroutine
ENGINE. Engine loads are applied to the fuselage through the attach points.
Inertia load distributions are stored in the array CONLOD(1,dJ,K). Engine
attach loads are written from this routine.

Subroutine STORE

STORE is used to calculate the inertia loads for extermally mounted fuselage
stores and for vertical tails with two attach points. Shears and moments are
stored in the array STORES (1,J,K). External store loads are written from this
routine.

Subroutine DATA

The fuselage inertia loads for the complete airplane that are stored in E(I,J,K)
are written from subroutine DATA. When the variable IPUNCH has a value of
1, E(I,J,K) is punched on cards. The center-of-gravity and weight of each
component are printed next,

7.2.5 Fuselage Net Loads. The methods and techniques presented in the fuselage
net loads module consist of basic matrix operations. These operations facilitate the
process of combining airload and inertia load data to obtain net load distributions.

The two computer programs contained in this module do not calculate any new infor-
mation or data that are part of the net loads. The input data for these routines contain
all of the required information.

The fuselage net loads computer program contains a procedure for forcing the sum of
the moments to zero at the nose of fuselage. The moment is eliminated by applying a
couple at the wing attach points,

Data output from the other modules are required input for this routine. The types of
data required from the other modules are summariz:d below;

Aerodynamic Data Module

Unit shear, bending moment, and torsion distributions due to angle-of-attack,
alpha fuselage = 0, carry-over load from horizontal rail and vertical tail, side-
slip angle, rudder deflection, etc.




Fuselage stations for thesc unit airload distributions. (All distributions must
be based on these stations.)

Inertia Loads Module

Inertia load distributions for n, = ny, = n, = lg, and ay = Ay = @, =1 rad/aeo.z.
One set is required for each gross weight to be used.

Fuselage stations for these inertia distributions. (These stations are used for
net loads calculations.)

Coordinates of attach points for wing, horizontal tail or canard, and yertical
tail.

Inertia parameters Dy, N, @, 01},, o,y §ross weight, and c.g. location.

After these data are available, values for both distributed and concentrated airloads
may be calculated.

Distributed airloads are those due to pressure loadings resulting from angle-
of-attack, zero lift, etc,

Concentrated airloads are those airloads on the wing and tails that are applied
to the fuseluge through the attach points of these components,
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SECTION 8

STRUCTURAL SYNTHESIS

The Structural Synthesis uses two separate and independent procedures to develop com-
ponent geometry and weight data, The primary structure is analyzed by the automated
structural analysis procedure described in Section 8,1 . The secondary structure is
defined and sized by an independent analysis procedure that develops geometry and
weight data for the parts definition process and is described in Section 8.2 .

8.1 PRIMARY STRUCTURE. The Structural Synthesis procedure for primary

structure is known as APAS (Automated Predesign of Aircraft Structure). This proce-

dure was initiated under a company sponsored IRAD Program (Reference 1) and

fur ther developed under NASA Contracts NAS1-11343 (Reference 2 ) and NAS1-12506
(Reference 3 ). This section describes the technical approach used in the synthesis

procedure for analysis of primary structure.

The APAS Analysis Procedure is applicable to any closed section beam like structure,
and is typical of the procedure used in the early design phase of aircraft structure. The
overall approach makes use of a point design/analysis/redesign process which is iter-
ated until an acceptable design is produced.

The program accepts up to six external static strength loading conditons. Each condi-
tion consists of a set of three forces and three moments (PX,PY,PZ,MX,MY,MZ), for
up to twenty stations along the structure. An accurate representation of geometry is
permitted by defining discrete nodes on the contour of the surface. Any convenient
reference axis may be adopted. Internal computations automatically transfer the loads

to the section elastic axis. The internal distribution of loads is calculated by a multi-
cell box beam analysis subroutine. Complex bending stresses are found using the
assumption that plane sections remain plane (i.e., MC/I). Torsional moment is assumed
to have a T/2A distribution and direct shear is presumed to follow a VQ/I distribution,

If fatigue or crack growth analyses are to be performed six additional loading conditions
are required. These are used in conjunction with a flight profile to generate a unique
stress spectra at each analysis point. In the current version of APAS, the flight pro-
file for medium range operation of a large commercial transport is built into the pro-
gram,

Analysis routines are used to find the allowable stresses; these together with the applied
stresses from the internal loads solution are used to compute margins of safety. These
routines provide for several different kinds of construction and reflect the failure modes
{o which the components are susceptible. Buckling, crippling and net tension are typical
failure modes.

A special symmetry grouping feature permits the user to constrain selected panels to be

alike, This technique provides a means by which fusclage centerplane symmetry cun be
respected without duplicating reversible loading conditions. It is often desirable to make

8-1




adjacent panel elements identical for ease in manufacturing. This can be accomplished
with symmetry grouping also,

The optimization procedure is a two step process., Decign synthesis proceeds sys-
tematically from station to station in discrete steps, at rib or frame locations. In

the first phase of the synthesis process, a set of initial member size estimates are
adjusted by iterative steps until 2ach element has a zero margin of safety or until a
minimum gage constraint is encountered. The second phase seeks to maximize margins
of safety by refinement of element geometry while holding structural weight constant.
When this has been accomplished the design is recycled through phase one to further
refine structural weight. This logic is repeated until satisfactory ceavergence is ob-
tained for static strength load conditions, or the input iteration limit is encountered.

This optimized design is then successively checked for fatigue life, crack growth and
residual strength criteria. If any criteria is not met the structure is augmented at
that point and a new pass is made through static strength, fatigue, crack growth, and
residual strength analyses. Iteration continucs umtil all criteria are met,

It is important to recognize that margin of safety maximization rather than weight
niinimization on the second phase permits use of unconstrained function optimization
methods. Optimization methods have been the subject of previous research at Convair,
A Fletcher, Powell, Davidon technique is used in this program.

Major advantages cf this approach are: member sizes can be constrained to lay wi thin
practical limits of material sizes and manufacturing capability; multiple failure modes
may be taken into consideration for each structural element; and, positive margins of
safety arc always maintained so that a satisfactory design- from the strength point of view
if not the weight - is available at the completion of each !‘eration,

The overall program is modular to permit modifications or additions to the element rou-
tines with minimum impact on the total system,

8.1.1 . Nodal Geometry, The geometry of each component, (fuselage, wing, horizoatal
and vertical stakbilizer) is represented by the coordinates of a set of nodes at each of the
varjous stations along the component., This nodal geometry describes thc shape of the
component which is used for the computation of section properties and intermal loads. The
analysis procedure uses linear interpolation between control stations to determine re-
quired nodal information. Nodal information at a control station consists of X and Y
coordinates for each node.

The fuselage is represented by up to 20 nodes at analysis stations selected by the user,
The nodes are located at user selected intervals around the fuselage. However, when
APAS 1s used In the Integrated mode with parts definition it is restricted to 18 nodes at
20 degree intervals around the fuselage with a maximum of 10 analysis stations, Nodal
geometry for a typlcal transport fuselage is presented in Figuge 8-1 . Nodes are num-
bered starting at the top centerline and proceeding clockwisc looking aft.
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Figure 8-1 Fuselage Nodal Geoinetry

The wing, horizontal and vertical stabilizer are represented by 20 nodes at analysis
stations selected by the user. The aerodynamic surfaces, like the fuselage, are re-
stricted to 10 nodes at each of 10 analysis stations when APAS is used in the integrated
mode with parts definition. The nodal gcometry describes the box structure for a sur-
face with up to 5 spars. The nodes are numbered beginning at the upper sparcap of the
front spar and proceding clockwise to the lower front sparcap. A typical surface
nodal geometry is presented in Figure 8-2 ,

m— X‘ ——-, NODE NUMBE RS
1 r;ﬁ!’——';\_‘ﬁ
e b’
f/ z'l \_\‘~
= 1 Oy s 1 ¢

Figure 8-2 Aerodynamic Surface Nodal Geometry
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8.1.2 Structural Elements. Structural elements include skin panel, spar webs and spar
caps. Eachelementisdescribedby a type number and from one to eight dimension variables.
The dimension variables are of two types, thickness variables and non-thickness variables,
such as stiffener spacing, stiffener height, corrugation angle, ctc. Ingeneral, non-thickness
variables may have either equality or inequality constraints imposed, whereas thickness vari-
ables may have equality or lower bound inequality constraints imposed.

The structural synthesis program provides an analysis procedure for twelve types of panel ele~
ments as presented in Figure 8-3 ., The stiffeners on panel types one throughnine are assumed
to be oriented parallel to the clastic axis of the structure. The 0degree ply of nanel type 12 is also
assumed to be parallel to the elastic axis.
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The structural synthesis program provides an analysis procedurc for seven types of

"spar web" elements., Four of these are truss type elements, two are stiffened wehs

and the remaining one is a corrugated web, These clements are presented in Figure
8-4 ., "Spar Web' elements are assumed tc resist only shear and crushing loads, the

axial stiffness of these elements is assumed to be zero for the purpose of computing
section properties.
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An analysis procedure for four types of spar cap elements is currently available, They
include integral tee and angle and riveted tee and angle as shown in Figure 8-5,

==  _§ § 7 1 I
T I' T = e . T
i I

S | ]
[ A i
—

TYPR 1, RIVETLD ANGLE TYPE 2, RIVETED TEE TYPE 3, INTEGRAL ANGLE iTYPE 4, INTEGRAL TEE

Figure 8-5 Spar Cap Elements

8.1.3  RbS. The types of ribs available within the program are presented in

tigure 8-6. The ribs are comprised of caps and webs or truss elements, Rib caps

are sized to react a moment at the rear gpar due to the loading on the surface aft o} e
rear spar, Rib webs are sized to carry shear and to support crushing loads,
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Figure 8-6 Ribs
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Figure 8-7 Typical Ring Frame

8.1.4 Frames. A typical ring frame is shown in Figure 8-7 . The frames

are sized so that the outer flange clears all of the skin stiffeners. The inner {lange
is maintained at 14 cm (5.5 inches) from the outer skin contour. The frame is sized
using Shanley's criteria to set a minimum frame bending stiffness, If the frame thick-
ness determined by this criteria is less than minimum gage, it is set at minimum gage.

C MD2

El = I S Shanley’s criteria (Referonce 4 ,

L
where:

El = frame bending stiffness

M = maximum resultant fuselage bending moment, ﬁ{—x 2—4—&1:‘2—‘
D = fuselage diameter

L = {rame spacing

C‘ = {1t coefficient (. 00025)

8=7
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8,1.5 Flight Profile and Load Spectrum. The fatigue load spectrum defines the
nunsber of times that incremental loads of given magnitudes are encountered during the
design life of the aircraft. Experimental data is available which defines the pmw bable
magnitudes and frequency of occurrence of these incremental loads as a function of
aircraft type, configuration parameters and flight parameters.

The configuration and flight parameters are defined using a typical flight profile, which
is divided into segments. Parameters are averaged for each segment, and these aver-
age values are used in finding the incremental loads. See Figures 8-8 and 8-9 .

The typical flight profile useud for fatigue and flaw growth analysis is based on medium
range operation of a contemporary transport aircraft.

The parameter values for each segment are listed in Table 8-1 . The segments are
divided into subsegments, with each subsegment representing a particular magnitude
of incremental load. Using the segment parameters and the subsegment load, fre-
quency of occurrence of the incremental load is found for each subsegment using the
methods and information in Reference 5.,

For gust loads, curves showing gust velocity vs frequency of occurrence are found in
Reference 5 , Figure C13-32 through C13-37. From Reference 5, Page C13-24,
Ag=mSV U K Po/(2W)
e ae g

For speeds below cri :al Mach number:
.88,

K =—28 . — W
g 5.3+ u.g “g mgcSo
where
Ag = incremental load factor
m = slope of lift curve
S = wing area
Ve = equivalent airspeed
Ude = derived gust velocity
Kg = gust alleviation factor
Po = air density at sea level
W = aircraft weight
“g = alrcraft mass ratio
g€ @ = acceleration of gravity
c = mean geometric wing chord
p = air density
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solving for U de
Ag

U = -
de mS ve x(g po/ (2W)

U de is then calculated for each subsegment, and the cuives of Figure C13-37 are used

to find the frequency of occurrence.

For maneuver loads, Figure C13-41 of Reference 5 shows incremental load factor vs
frequency of occurrence. For taxi loads, Figure C13-46 of Reference 5 shows incre-
mental load factor vs frequency of occurrence. Incremental load factor vs frequency
of occurrence for landing loads was averaged from data for two commercial transport
aircraft.

The resulting fatigue load spectrum is shown in Table 8-2 . The number of cycles is
based on 10, 000 flights. The variation between cycles and flights is linear, so that
linear ratioing of cycles and design life is valid.

Table 8-1 'fypical Transport Flight Profile

Gross Weight Altitude Eqgev, Atrspeed | Bach Iistance
Sement Description Ky (103) Lbs (IUJ) M (ll)a) rr (10“) Km UHr | knots N, Km Miles
- - s - - il ettt A’r""“' |

1. Taxt; akeoff Run: Landing Roll 162, 6 358,83 | S, L. N, L, - - - - -
Fw 2.  Climb (Flaps Down 25*) 154, 8 a62,2 0-1,52 0-5 413,38 223 0. 355 13,12 8,15
g 3. Climb 1640, % 362,22 1,52-3.,05 5~ 10 63,3 250 U430 | 20,18 12,51
¢ 4 Climb 1589, 8 352,21 3,05-6,1 10- 20 60, 1 340 O 684 | TGHD | 47,53
& 5, Climb 159, 8 352.2 6.1-10,467 | 20-35 H91,2 319 O, 836 242,062 | 150,70
b 6, Cruise 154, 9 34l.4 10, 67 RH) 505. ¥ 273 0, 8BS0 {636, 61 1396, 58
§ 7. Descent 1682.1 Jib. 4 10,67-6,1 | 35-20 591,2 319 U 836 | 85,76 RRAMA]
3 8, Descont 162,11 335. 4 6, 13,05 -1 6o, 1 340 0, 684 03,61 33,43
§ 8. Descent (Flaps Down 15°) 152, 1 335.4 | 3,05-1,62 | W-5 468, 8 250 0,435 | 37.74 | 28,46
:; 10, Descent  (Flaps Down 50°) 152.1 3356, 4 1, 62-0 5-0 413,38 220 0,366 | 22,7 14,11
1. Chmb (Flaps Down 25° 1608 RERA 0-1,52 0-5 113, 8 223 0,380 | 13,12 N, 10
@ 12, Climb 150 ¥ 352,2 1,52-3.05 5-10 63,8 250 O, 136 | 20,13 12,51
g 3. Climdb 159, 8 352,2 | 3,05~6,1 10-20 630, 1 340 0,684 | Ta,49 47,53
a 14, Cliub 164, 8 152,2 6. 1-10,67 | 20-35 591,22 J14 ¢, 870 (242,52 150,70
3 16, Cruise 154, 0 341.4 10, 67 R 505, 9 K] 0,850 (036,61 {395,068
ﬁj 16,  Descent 1521 336, 4 10,67-6,1 | 35-20 oo, 2 319 0, 8346 85, 76 54,29
3 17, Descent 152, 4356.4 6, 1-3. 05 20-10 630, 1 RE1Y Q. 689 1S3, 6t 33,33
14, Deacont (Flapa Down 15°) 152.1 330, 4 3,05-152 10-5 463,33 250 04306 | 37,71 2340
L] 19 Descent  (Flaps Down 50°) 152, 1 335.4 | 1,52-0 -0 413, 3 RRA] 00556 | 22,711 14,11

20, Landing 154, 8 I 7 S L, { Sl 23702 128 - -

— o —— - -— . e e - ——— — [ROSINRER VU— - b - - s e . —ud

Uk
Q;ULQV
fop o rdam 4o
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8.1.6 Lxternal Leads, Net limit loads due to the air load, inertia loads and landing gear
Joads of various flight and ground conditions may be tput directly or provided by the integra-
ted loads program described in Section 7,0,

FFigure 8~10 External Loads Sign Convention

The loading conditions are separated into two groups. The first group consists of
from one to six conditions. These conditions are specifiedby the user and are used to
size the structure so as to preclude static strength failures and to meet residual strength
requirements, The sccond group consists of the six conditions listed in Table 8-3 ,
These conditions are used to define the fatigue stress spectrum described in Section
8.1.9.

Table 8-3 Fatigue Spectrum Loading Conditions

C;‘:{:}ti‘: Description
1
1 1G Taxi |
2 1G Level Flight '
3 2G Vertical Gust
4 2G Maneuver
5 1G Landing Impact
6 Maximum Pressure
(Fuselage)

Each loading condition defines the six components of load (AX, XS, Z§, TOR, XM,

ZM) at up to twenty stations along the structure. The sign convention used is pre-
sontod in Figure 8-10 . A typlcal fuselapo loading condition is illustrated in Figure
8-11. Stepsinthe loading curves are represented by repeating stations with the two

S=-12




different load component values. The reference axis used for input loads is the center-

line for fuselages and a line midway between the front and rear spars for aerodynamic
surfaces,

@ i

ZS,SHEAR

XM,BENDING MOMENT

FUSELAGE SHEAR AND BENDING MOMENT

Figare 8-11 Typical Fuselage Load Condition
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8.1.7  structural Desipgn Procedure, The structaval desipn procedure starts with
the input design, then through a series of design analysis and redesign iterations
produces a final design, The iteration process continues until the lightest weight de-
sipgn which satisfies design eriteria and constraints is found,

The design aralysis involves the comparison of applied stresses and allowable stresses,
The internal foad solution described in Section 8,1,9 isusedtocalculate the applied
stresses. The box beam internal load solution was selected instead of a finite element
solution in order to keep computer execution time at an acceptable level. This selec-
tion restricts this procedure to relatively clean beam-like structures. However, de-
coupling of internal loads from oue station to the next is basic to the box beam theory.
Hence, the overall design problem is reduced to a series of cross-section design
problems at any number of desired locations along the strucare.

The procedure used to design the cross section is a two part procedure. The first

part, the section sizing procedure, adds or subtracts material from the structural

elements of the cross section in order to produce 4 zero margin or minimum gage

design. The second part employs a non-linear programing technique to minimize the
"eriticality' of each element while maintaining a constant weight design. This element
optimization procedure is then iterated with the section sizing procedure until the

design converges. Convergence occurs when two successive iterations produce a

change in weight that is within a specified tolerance, or the input iteration limit is encountered,

During the section sizing portion ol the desipn process, only the thickness variables
are changed, Figure 8~12 illustrates a typical cross-section desipgn problem,

Panel Element Numbers
Panel Element {

1 2 3 .
O

b ,
10 : ji_ 2 o —h
. F%Lﬂ__r_r.u_uu%

| : l Y

e ds

Q

ifgure 8-12  Typical Cross Section
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The section sizing procedure sizes the structure based on design criter ia such
as static strerath, stability, service life, and residual strength.

The procedure used to size the structure is:

a. Analyze the structure as it is defined by the input data.
b. Predict new skin thickness and stiffener area based on the analysis results,
c. Re-analyze the structure as predicted in b.

Steps b, and c. are iterated until the minimum weight structure satisfying the design
criteria is found. During this process, material is added or removed from the panel
such that the design proportions produced in the optimization phase are maintained,

The equivalent thickness (f) of a structural panel is computed:

E:t + fit- . fs—t
sk psk Bst

where: tsk - skin thickness

A . - stiffener area
st

B , - stiffener spacing

1

Pet ~ stiffener material density
psk ~ gkin material density

The technique employed in step b. to predict the new t is described below. The new t
is predicted by passing a parabola through three points on a plot of t versus margin
of safety, MS. The points are (TBAR =0, MS = -1), (f, MSt;), & .10 MS &, 1),
see Figure 8§-13. The new t is found by solving for the proper root of the resulting
equation. The process is started by assuming the slope at t=0 to be 0 for the first
iteration,

The object of the element optimizatfon procedure is to adjust detafl dimensions of an clement
§0 as to make the most efficient use of the material while maintaining a given weight, As an
example refer again to Figure 8-12 . The panel element shown contains four design

variables tl, tz, bl and bz.

8=15




FIRST ITERATION /

\

SECOND
ITERATION

Figurc 8-13 Section S!zing Procedure

The object is to find the optimum set, i.e., that set which represents the "least
critical'" panel possible. Since this procedure requires that t remain constant, there
are only three independent design variables. Given any three variables the fourth

is found by solving the following equation for the appropriate variable.

t = tl + t2b2/b1

The “least critical" design is defined as that design for which the following criticality
parameter is a minimum

L J M
P= Z Y F(MS, )+ Yy F(MC_)
L=1 §=1 ’ m=1

where
£  denotes the failure mode
}  denotes the loading condition
m denotes the sub element of each panel element
MS = margin of safety
MC = side constraint margin e.g., (tm.tmmm)/tminm
8-16
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Foy= =% ¢
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where

A typical plot of the criticality function, F, is illustrated in Figure 8-14.

\

F(x)

Figure g§-14 Criticality Function

There are a number of techniques available to minimize P, the method used by
APAS is the Fletcher-Powell-Davidon, unconstrained minimization technique ( Ref. 6 ).
P is the objective function and {t_, b , b_] is the design variable vector for the

example problem, Optimization 123 pelrformed on each element of the cross section in
order to minii.ize weight.

8,1.8  Strrctural Element Symmetry Groups, A symmetry group is a group of
structural elements which have identical designs. When a number of structural elements

are placed into the same symmetry group only one design is produced. The design of the

8-117
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element respects all of the margins of safety for all of the elements in the group. This
technique provides a means by which fusclage centerplane symmetry can be respected
without duplicating reversible loading conditions, It is often desirable to make adjacent
panel elements identical for ease in manufacturing, This can be accomplished with
symmetry grouping also. Since the use of symmetry groups reduces the number of inde-
pendent design variables of the structure it can be of significant use in reducing execu-
ticn time and should te employed wherever possivle.

8.1.9  Structural Analvsis. This section presents the techniques used to calculate
the applied stresses, including the fatigue stress spectrum and the methods used to
calculate margins of safety for static strength, fatigue, flaw growth, and residual
strength criteria,

The interral loads analysis is based ou classical box beam theory (Reference 5). The
assumptions made are; plane sections remain plane under ..ie action of bending mom «
ents and axial loads, cross sections are frec to warp when torque is applied, and the
structure obeys a linear elastic stress-strain law,

The axial stresses are made up of stresses due to axial loads and stresses due to
bending moments. The equation used to calculate the axial stresses is,

MI -MII MI -MI
-. P
o = —XXZ z2 XX x-%)+ ~—ZXZ x2 2Z(2-Z) + A
Lex T2z = Ixz Ixx Izz - Ixz
where,
Mx = Net bending moment about a horizontal axls passing through
the centroid
Mz = Net bending momeat about a vertical axis passing through the
centrotd
P =  Axlal load
x,z = Coordinates of the element, see Figure 8-15
X,z = Coordinates of the centroid, see I'igure 8-15
I xz' LD Section properties

8-18
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The shear stresses resist the external shear forces and the torque applied to the sec-
tion. Under the basic assumptions the shear flow is calculated using a VQ/I distribu~
tion for the shear forces. The resultant applied torsion is due to the applied torque
and the couples resulting from shifting the shear forces XS and ZS to the shear center,
This net torsion is resisted internally by a shear {flow which is distributed according
to a T/2A distribution. In the case of multiple cell structures, such as multi-spar
wings, the cells are assumed to have equal twisting angles. For a further description
of the method see Paragraph 17.9 thru 17,11 of Reference 7.

Section properties of the cross section of the wing or fuselage are calculated at each
station where structural sizing is periormed. These properties are used to calculate
the internal loads distribution ana to provide stiffness information. In order to simplify
the calculation of section properties the following assumptions are made: (1) the mat-
erial which resists bending momerts is assumed to be smeared uniformly between nodal
points, (2) only the skin and shear webs are effective for resisting shear loads and
torsion. The following equations are used to calculate section properties. (See Figure
8-15 )

A = [a

2 = 3 xa

z = 3z

1 = [daa-a.z?
= [xda-a-z

I = fxzda-A.?c-E

2
J = MT/{ds/t
where,
x,z are the coordinates of the incremental area da
A 18 the total arez of the cross-sectional material

X,Z are the coordinates of the centroid of A
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{s the moment of inertia of A taken about an x axis passing
through the centroid

L, 18 the moment of inertia of A taken about a z axis passing
through the centroid

L., 18 the product of inertia of A with respect to the centroid
J 18 the torsional stiffness constant

AT area enclosed by the cross section

ds incremental distance along the box contour

t thickness of the shear resisting material associated with ds

RER
AXTS

x—-—‘ da 7«18/\

! —j,-—qr-f CENTROID Jl T~

!

e

Figure 8-15 Typical Wing Section
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The depth of the static strength analyses performed is consistent with typical pre-design
stress analyses. The analytical techniques and their souvrces are described in the follow-
ing paragraphs. The failure modes included are summarized in ‘1able 8-4. The margins
of safety are computed for cach failure mode and uses these values to direct structural
design optimization. The critical failure mode margin of <afoty is included in ithe con-
puter output for each cicinent and load condition.

Table 8-4, Panel Element Failure Modes

Panel Construction Type
Futlure Mode (see Figur- 8-3)
112|31415|6]7(8[91104111]12
Local Buckling ........... teteriesee.. |0lo|o|0|0|0|0l0]0
Diagonal Tension . ........... tricessece. |O|G|O|0|G|O O[O0 @
Crippling: « « o ¢« e e e v i ittt it e e 0 ce .. |®|@|0l0j0l0|0]0]|0
Inter-Rivet Buckling and Wrinkling ... ....... e/ojo(o 0|0
Panel General Instabiiity . . . . . e e o e e elo |0
Wide Column Buckling ...... e v et e cecee |0|0l0 000 0 /00
General Yielding ............ C e e e e e o(0jo(o(0j0of0|0, 0 00
Distortion Energy Theory .+:..¢c.ce. .. vc... |0|®|0|0j0|0!0|0|0| 0|0
Maximum Fiber. ... - i Laminate. . ....... : °

Local Buckling (Conipr-ission and Shear)

Critical local buckling stresses for compression and shear loading 2. computed by
using Kquations 8-1 and 8-2, respectively, These equations were obtained from
Reference 5.

Compression Buckling

.2
n kc E 2

t
-— -1
&) ’

where: Fcr - critical compression buckling siress

k

F _=
cr

12 (1 - ved)

¢ ~ compression buckling coefficient
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E - modulus of elasticity

Vg ~ elastic Poisson's ratio
t - thickness
b - short dimension of plate or loaded edge

Shear Buckling

nz k E 2
scr 2 \'Db, 8-2
12 (1- vy )

wherve: Fscr - critical shear buckling stress
kg ~ shear buckling coefficient
b - short dimension of plate

The buckling ¢.sefficient in Equations 8-1 and 8-2 is dependent on the aspect
rrtic of panel length/w:dth and panel edge fixity., The aspect ratio is assumed to
to be large and the corresponding asymptotic value of the buckling coefficient

for the appropriate edge fixity is used. Typical values of shear and compression
buckling coefficients for various edge fixity conditions are shown in Figure 8-16.
The actual coefficients used for each available type of stiffened skin panel con-
struction are s*~wn in I'igure 8-17.

For # me “ight vehicle designs, it may be a requirement that buckling of the skin
panels iz ~ot permitted up to a specified percent of limit load. The program has the
capability to handle this design criterion. Both shear and compression buckling

are considererd. The inte action equation used to combine the effects of shear

and compression was taken from Reference 5 and is presented below:

Re + Rs2 =10 (8-3)
where: R, - applied compression stress/compression buckling stress
Rg - applied shear stress/shear Luckling stress

The associated margin of safety equation 1s:

M.S, = -1 (8-4)
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Figure 8-16. Shear (kg) and Compressicn (k. Buckling Coefficients for
Various Fdge Fixities

Diagonal Tenston Aunltysis

Maximum allowable panel shear stresses are determired by using the relationship
showty in Wigure 8-18,  Parameters Fy aud Fgy, are the maxdmum allowable shear
and the matevial Wtimate shear, respectively,  Parameter Fgep is eritical sheor
stress at which shear buckling fnitintes.  The equation used to compute Fgop is des-
cribed in the loeal buekling thilure mode seetion,

Crippling
The method for the erippling analvsis used was taken from Reference 8. The erippling
strain {for the combination of stiffener and effective skin is computed by the following

equation:

5 1
& bn tu tCC"

€ce " |"Tb t E (8-5)
nnn
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TYPE 1 INTEGRAL BLADE TYPE 6 EXTRUDED CLOSED HAT

{_Jqu:'“ ‘JE\TC:_ZHL

X /l .. %
ko= 5.4 kc =40 k.= 6.97 k= 9.0
TYPE 2 INTEGRAL TEE TYPE 7 FORMED CLOSED HAT
//%-nu (e~ 40
kczdo ksu 584 kc=6.97 \'90
TYPE JINTEGRAL ZEE " = 0.43 TYPE 8 ¢ XTRUDED OPEN HAT
ke = 0.43 ¢

II oo, QL Ar
/ N

\

kc=4.0 kx' 54 kc’4.0 ks'SA
TYPE 4 RIVETED Z2EE TYPE 9 FORMED OPEN HAT
ko= 0.43 he = 043
- I] — 1 L < &‘JE} 1}}3
k,* 4.0 ke» 5.4 ko= 40 k= 5.4

TYPE S RIVETED JAY
k.= 0.43

;;jt,\l L

k< 4.0 ke = 5.49 k= 7.2

Figure 8-17. Compression and Shear Buckling Coefficients for Each
Skin Panel Construction Type
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Figure 8-18, Diagonal Tension Chart
where: €,c - crippling strain for secticn

En - modulus of elasticity of element n
b, - effective element width
tn - element thickness
foen - element crippling stress

The element crippling stress (fyopn) ts obtained from Figure 8-19,
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Inter~Rivet Buckling and Sheet Wrinkling

Inter-rivet buckling involves a failure of the skin between rivets. When both the skin
and the stiffener fail, it is known asa wrinkling faflure. The program checks for both of
these failure modes using the methods taken from Reference 5. Inter-rivet buckling
strain is computed using the following equation:

2 2
Cn t
‘ir= .._..__.___.? Eﬁ) (8-6)
12 (1 - Vg ) P .

where: €, - intcr-rivet buckling strain
o - end fixity (C equals 4, for all cases)
~ skin thickness

P ~ rivet pitch
E ~ modulus of elasticity
Ve " Poisson's ratio

Rivet pitch spacing is set equal to four tlimes the rivet diameter for all cases. The
rivet diameter for each case is selected based on skin thickness according to Table
8=5.

Table 8~5. Rivet Diameter Versus Skin Thickress

cm, (inches)
Skin Thickness {tg) Rivet Diameter

0. 000 (0. 000)

0.318 (0.1250)
0.064 (0. 025)

0.397 (0. 1563)
0.127 (0. 050)

0.476 (0. 1875)
0.318 (0. 125)

0.635 (0. 2500)
0.635 (0. 250)

Sheet wrinkling strain {s computed using the equation presented below:

kw n ts 2
€y = - . 2-7)
12(1- Vg ) s
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=
t 3

where: €¢,, - wrinkling strain
kw - wrinkling coefficient
- skin thickness
b - stringer spacing
The empirical wrinkling coefficient (ky) i8 a function of the effective rivet offset and

local geometry. The effective rivet offset is determined using Figure 8-20 and is
used in Figure 8-21 to evaluate the wrinkling coefficient.

10
TR ;
8 \ \ \ 10 b ~ l
, \1\ sf‘-l‘lf’/’“ ]l T
6 “ 8 m"; L H—! Lt
5 WAL L et 1 et
4 WV ANN N b 6 ’/2?/ i
NN fo’a
-t ' YT s w
L =064 13.0.25 uz\Lms o
2 P"b\’l" 5 ﬂ\léﬁe-l.#; ":rg1 4 i
: ,
1 \F'&;_'-ZvE:E&; 3 b

0 02040608 1.01.2 1.4 1.6 1.8 2.0 22 24 26 2 3 4 5 6 7 8 9 10 1112 13 1415
bv/'w

b,/t‘

L
d

Figure 8-20. Experimentally Determined Figure 8-21. Experimentally Determined
values of Effective Rivet Offset Coefficients for Failure in Wrinkling
Mode

Panel General Instability

‘This section is a description of the analysis used t» calculate genersl instability
allowables for panel tvpes 10, 11, and 12 (see Figure 8-%). This analysis procedure
was taken from Referencel0. Design formulas are used to provide conservative
estimates of the buckling allowables.

The moments of inertia and stiffnesses in both direct. ~.s are calculated for a plate or
sandwich panel in the conventional manner. See Figure 3-22 for sign conven.lon used
in the development of the design equations for buckling.

Dyy = Ex Iy/(1 - vyy vy (8-8)

Dgg = Ey Iy/(1 - vyy vyyx) (3-9)
é ORIGINAL PAGE 15
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Dgg = Gxy Ix (8-11)

The shear buckling of a simply supported orthotropic plate can be reasonably estimated
with the following formula

4
= / 3 2

4

where: Cj = (b/a) /Dn/D22 (8-13)
Cg = (D12 + 2Dgg) / /D11 Dy (8-14)

Cq=32.8 +20 Cy + 14.2 (Cy)%-4 + 24.8 Cy C,2 (8~15)

No simple correction for the effect of curvature on the shear buckling allowable is
available at present.

The buckling allowable for a flat, simply-supported, orthotropic plate under biaxi-l
loads may be found using the following method. Given a ratio

o= Nx/Ny (8-16)

the allowable in the axial direction may be expressed by

n? [Dn (m/a)” +2 (D5 + 2Dgg)n/B)% + Dy (n/b)4(a/m)2]

(Ny ) = ;
or panel 1+ (an)’/ (bm)° (8-17)

where m and n are possible half-wave numbers into which the panel may buckle in the
x and y directions, respectively. This formula is evaluated for the first five modes
in each direction, and the minimum value is chosen. The allowable Ny, 18 obtained
similarly.

An estimate for the correction due to curvature on the compressive buckling allowable
{s obtained as described in Reference 7. The buckling allowable of the full cylinder
from which the panel was cut is added to the flat plate allowable as obtained above.
For an orthotropic cylinder, the cylinder huckling allowable is approximated as

1 2
== |/ 3 (1 - (8-18)
(N"cr)cyllnder 2 ExEy t"/ [RV'; (1= vyy vyx) ]
where t and R are the thickness and radius of the cylinder, respectively.
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The ratios of the applied loads to the allowables are formed:

RS = ny/ nycr (8"18)

= 8~19)
Ry = Ny / [(Nxcr) panel * (Nxcr)cyllnder] (5-19)
R, =Ny / Nyor (8-20)

The buckling margin of safety for each panel is calculated from the interaction equation

M.S. = [ 2 ]- 1 (8-21)
Ry + By +Y (g + Ry)" + 4R2

The above analysis {s brief and offers various degrees of approximation, depending on
the complexity of the section being analyzed. For construction with orthotropic flut
panels, they provide excellent estimates for the buckling allowables of simply supported
panels. With the addition of curvature, it provides somewhat less accurate allowables.

Wide Column Buckling

This section is a1 description of the analysis used to calculate the general {nstability
allowables for panel types 1 through 9, (see Figure 8~3).

Wide column buckling analysis of multi-rib structures assumes that the cover panel
behaves as a simply supported column. The ribs, oriented perpendicular to the load,
are assumed to provide the coutinuous simple supports. The effect of spar support
at the unloaded edges of the column is ignored in this analysis. The method used

for wide column analysis was taken from Reference 5 and is described below,

The relationship between critical column strain versus slenderness ratio (L'/p) is
shown in Figure 8-23.

For large values of slenderness ratio, a form of the Euler column equation applies:

2
€ = ...I'__.é (8-22)
(L'/p)
where: ¢ e column failing strain

(L'/p)- slenderness ratio (effective length/radius of gyration)

8-31



TRANSITION RANGE

EULER RANGE

CRITICAL COLUMN

STRAIN (¢,)

|
|
|
SMALL -—:—-- LARGE

SLENDERNESS RATIO (L'/p)

Figure 8-23, Critical Column Strain Versus Slenderness Ratio (L'/p)

For small values of slenderness ratio, the critical column strain transitions from the
crippling strain to the Euler critical column strain. The following parabolic approxi-
mation is used to represent this transition.

where:

€ €y
€ =¢ [1- ( -—CI:)('C'I) ] (8-23)
[ Ccs € €

cs E

€, - column critical strain

€g - crippling strain

€.r - buckling stx;ain for column cross-section
€ - Euler column strain

Equation 8-23 applies for €c > €cy. Yield strain (€ y) is substituted for €qr, whep

General Yielding

To ensure that elastic stress conditions exist up to limit load for each structural
design, the program compares element tensile or compressive stresses to material
yield for all loading conditions.

Distortion Energy Theory

The distortion energy theory (Hencky - Von Mises theory, Reference 11) is another
failure mode criterion used in ihe avysis. This theory is based on the assumption

8=32



that failure occurs when the distortion energy corresponding to the principal stress
components equals the distortion energy at failure for the maximum allowable axial
stress. This failure criterion is defined by Equation 8-24:

02- 0 0g+ 022 = omax2 (8-24)

The boundary curve defined by Equation 8-24 for all possible combinations of
principal stresses is shown in Figure 8-24. Any principal stress combination that
falls outside this boundary curve represents a negative margin of safety.

0‘z~d<| 02-022' dm

Figure 8-24, Distortion Energy Theory
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Laminate Analysis

The composite panels (construction type 12) are specially orthotropic; if the panel is
of sandwich construction, it is assumed that the core supplies no in-plane stiffness but
is perfectly rigid in the out of plane direction, and that each of the composite faces
carries one-half of the applied in-plane loads.

The laminate analysis is designed to find the strains in the 0°, 90°*, and + o* plies.
The laminate longitudinal, transverse and shear strains, ¢y, €y ard ¢, respactively,
are calculated using the laminate in-plane constitutive matrix, {A], and the applied
running loads, Ny, Ny, and Nxy, as shown in Figure 8-22.

e iy
= —1 -
€y a~] Ny (8-25)
Cxy Nxy

The laminate strains are rotated using the transformation matrix, [ T ], for each ply
angle in the laminate. These strains are used for computing the margins of safety.

The margins of safety for failure of a laminate of orthotropic materials are computed
by using the six allowable failure strains of the basic lami{na material and the orienta-
tion anglc of each ply in the lamirnate. The strains are:

*+ €11, tension in the 11 direction

+ €99, tension in the 22 direction

+ €19, positive sanear

- €11, compresgion in the 11 direction

- €93, compression in the 22 direction

- €19, negative shear
The laminate strains are calculated and ther. transformed to coincide with each ply
material ax!{3 system as shown in Figure 8-25. The transformed strains are then

compared with the appropriate allowable st ains and three margins of safety are
obtained for each ply, for each loading condition.

The minimum margin from all of the plies then becomes the final margin for the

ultimate strain failure mode of the laminate. The ecuation used for each margin of
safety is:

M.s.

_ €PSAL (8=26)
€

N gt



Figure 8-25. Coordinate Transformation frz the o Ply
where ¢ PSAL is the ultimate strain allowable and ¢ 1s the applied strain.

The fatigue stress spectr:im is based on t'.2 flight profile and load spectrum discuss od
in Sectivn 8.1.5. It is made up of a group of minimum ard maximum strcsses and the
number of applications expected curing tho design life. This spectrum iz used for the
fatigue analysis and the flaw growth analysis of the element discussed in this section.

Minimum and maximum stresses are calcuvlated for each subsegment of L.e fatigue
spectrum (see Table 8-2). These stresses are .alculated from the segment constant
stress o, and the segment alternating stress ¢ .

Imin = %¢ ~ 08 og (8-27)

Cmax = 9 * “E* Og (8-28)

The value of 5. and o, are in general different for ecch segment and are calclated by
forming linear combinatioas of the stress due to the fatigue ,pectrum conditions (see
Table 8-3).

6

Vey = Z Cy oy (8-29)
i=1 8«35



6
o = 2 40y (8-30)
=1

where | denotes the fatigue spectrum condition number and j denotes the segment number.
The constants ci and aija‘e based on the flight profile (see Table 8-1) and are stored

within the program.

1~ ground-r --ground (G-A-G) cycle shown in Figure 8-26 is not defined in Section
8.1.5. Itdominates fatigue damage and flaw growth in many areas of the structure of

tr =sport aircraft. This stress excursion is due in part to the difference between the
groundborne load distribution and the airborne distribution, and in part to cabin pres-
surization. A G-A-G spec.rum is calculated automatically within the program at each
analysis point. The G-A-G cycle is defined as the maximum stress excursion hetween
the peak inflight stress (e.g., the maximum gust occurring in that flight) and the peak/
valley groundborne stress (e.g., the maximum taxi Ag). Several high peaks of cyclic
loads, such as those due to gust encounters in stormy weather, tend to occux on the
same flight, It would therefore be conservative to use all peak loads expected in the
total aircraft life in building the G~A-G spectrum, To avoid this overconservatism a
frequency factor is introduced, which has the effect of skipping over some of the peak .
 loads. A frequency factor equal to two is considered appropriate for trunsport aircraft,
Thus, every other peak is included in the G-A-G spectrum. Frequency factor is a

user input,

A unique stress spectrum is generated for each structural element based on the local
stress history and is used for the fatigue analysis and flaw growth analysis also reported

G-A-G

S
1 2min

STRESS, S
I
—
-8

[ DISTANCE —

Figure 8-26. Simplified Flight Profile
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in this vection. No provision {s currently avallable for changing the load profile;
however, additional load spectra can be incorporated intc the existing program with

very little programming effort.

Fatigue dumagpe is defined as the ratio of the number of applied stress cycles, n, of

a glvon stress magmitude to the number of allownble stross eveles, N, of the same
sicoss nopgnitude. Miner's Kule (Reforonee 12) is the busis of fatipue damage analysis
porformod by the subroutine, PRODAM, Undor this concopt, fatigue damage is assumed

to be linoarly cumulative, and fatigue failure s assumed to occur when the damage

summatfon oquals unity,

u1 n2 n‘} nm
D - e e e e —— (8-a21)
Fatlgue Damage N N N N
1 2 m
m a,
Fatliguo Fallure = Z:—— = 1 (8-32)

=1 N

To factlitate the analysis.S-N curves are plotted from teat data for several values of
stress ratio, R, Allowable cycles for euch subsegment are read from the curves

as shown in Figure 8-27,
S

R = \‘_’.‘.‘iﬂ_ (Also see Flgure 8-26)

where,
(8-33)

max

MAXTMIL STRESS, S,

CYCLFS TQ FAILURE, N

Figure 827, Fatigue Damage Determination
8=07
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A review of previous General Dynamics programs and other sources did not produce
nearly enough component S=N duta to fill the required data bank indicated by ‘Table 8-6.
Much of the data reviewed was generated for specific configurations and load spectra.
Manufacturers usunlly test splices and other fatigue critical detadls but seldom develop
8-N curves for typical structure and spectra,  Even less data is published because com-
ponent test results ave frequently considered proprietary or sensitive to a particular
project,

Table 8-6  Availability of Fatigue Data

Aateviat Z;i;;::u““ i} :::‘:’}f\tsollgo i, :‘;:‘\:‘” ' S‘u:pnn
w2
Aluminum Integral 0 O l 8 ‘ .
Bowmded O O I
Welded O O } O
Riveted ' O O O
lategral O O O
Titanium Rouded O O O .
Welded O O O
Riveted O O ;MO ) -
Otr::l;e/ Integral O O i O O
Bonded O 0O l S
Boron/ Riveted O { '6";" "*G—«--}. IOU
1;
Epoxy Integral O O O ‘ e
Boaded O O Q
A

O = No data
o

» Complete data

In some cuses the component data was Incomplete. To facilitate extrapolation, curves
of stress va, stress vatio at constant cycle values were plotted trom the ovigind data,
Expanded 8-N curves were then drawn based on the extrapolated data,  For the many
cases where component data was not available, reduction factors were applied to un-
notched coupon data for the appropriate material, A comploete set of dita was pener-
ated by this mothod,  However, $-N curves plotted from this dita did not show the
trends and consistoncy expected.  Anomalies in the component data due to inconsistent
test parameters wore still present in the expanded S-N curves, A complete and con-
sistent set of 8~N curves for all voquired component types could not be obtained with
this approach,

Subsoquently, a second method, Roferonco 13, for plotting 8=N curves from Hmited data
was omployed, More roliance s placed on unnotehod coupon data, and compotent tatipgue
strongth factors are plotted vorsu, e to casure that smooth and conststont S=N curvos
are genorated, The component 8-N curves used for fapgue analysis wore generated by
this mothod, and are presonted fn Pigures 8-28  thru 8-38 . All curves are nornmudizaod
to the net soction statie strength, Rg. Those curves provide fatipue data for all of the
componont construction typos curvently allowed fn the structural synthesis module,

RERN]
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Data from constant lifo cuts of these curves is stored in the program. An interpolation
routine Is used In the yrrogram to retricve allowable cycles from the stored data,

This rathor simplo approach is widely used in fatigue life predictaons of transport air-~
craft. The more severe load spoctra of fighter type afreraft produce more significant
rosidual strosses at points of stress concentration and may warrant a more sophisticated
analytical treatment.

Regarding the data for the composite materials (boron/epoxy and graphite /epoxy), it

must be realized that an infinitc variety of laminates is possible. Each lay-up will

have different fatigue characteristics. A pseudo isotropic lay-up, 0/x45/90, was

selected for this program because it is a common lay-up and some fatigue data was
a-—lable,

The flaw growth analysis presented in the following paragraphs represents the procedure
used in the VDEP Program. The flaw growth analysis predicts how a through the thick-
ness crack grows under the influence of a fatigue load spectrum, The growth analysis is
based on an integration technique presented in Reference 3. The technique currently used

is consorvative, making no provision for growth retardation effects due to spectrum loading.

Crack growth predictions are usually based on the integration of empirical growth
rate laws., The integration techniques range from simple cycle by cycle summsations
to more sophisticated techniques involving high powered numerical methods. Cyclic
growth rate equations arc ususlly expressed as functions of the stress intensity
factor range, AK, the cyclic stress ratio, R, and certain empirical constants

determined from tests data,

da F (AK, R, empirical constants)

dN

where gﬁ is tbs cyclic growth rate.

The stress Intensity factor range, AK, is a measure of the change in the intensity of
the streas fleld near the tip of the crack, (see Figure 8-39 ).

AKA(a)AC!\/na = K -K

max min

where,
A0 range of the remotely applied cyclic astress

a half crack length

A(a) correction factor which accounts for geometric effects
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The amount of growth, Aa, which occurs during one cycle of applied stress can be
predicted using a growth rate equation, i.e.,

Aa = f (AK, R, empirical constants)

After a load cycle is applied the new crack length is longer by Aa at each tip. The
AK calculated for the next 1oad cycle ts then based on the new crack size. Crack
growth can in this way be predicted for cyclic loading. This process is cumbersome
if the number of load cycles is very large.

| YW
Y i e

one cycle

N

t 1 Ala " ‘ R =0 in'%max

L e e—

Figure 8-39 Fatigue Crack Loading
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Crack growth analysis of transport aircraft often involves millions of cycles of

applied loads during service life. Computer routines written to predict flaw growth
based on the method just described were found to be too siow to use for this program.
A technique based on averaging the cyclic growth rates during a flight and then per-
forming the integration on a flight by flight basis was developed. A curve of average
flight crack growth rate da/dF versus crack length is obtained for the specific crack
geometry and load spectrum. Suchacurveisobtained by summing the growth rates due to
each of the load cycles in the spectrun: and then dividing by the number of flights
represented by the spectrum. By performing this process at various crack sizes a
curve can be constructed as shown in Figure 8-40 .

ol R — o
0 | o
U - — S
I b
)

8|

3 2 ot

L
0 1

a/b
Figure 8-40 Flight by Flight Growth Rate

The inverse of this curve, i.e. dF/da, is integrated numerically over the desired
crack interval. A technique based on the Erdogan growth rate cquation was developed
in order to simplify and automate the procedure needed to generate the da/dF curves.

Erdogan growth rate equation:

da _ .p -
= CK;‘M AK ( 8-34)

where C, m, and p are empirical constants determined from constant amplitude
crack growth tests.

Since Kmax = f-l-l:



m+p
% LKy - ( 8-35)
(1-Ry"
The average flight growth rate at any crack size a ia then,
Ng
(AK >
95"= -;—1- 2 ( 8-36)
i=1 (1-R )
where,
t.\l(i =\ (a) Acim { 8-37)
= ~38
Ri Umini/cmaxl (8 )
&g =¢ -0 ( 8-39)
i ma.xi mmi

Ng = Total number of cycles contained in the spectrum.
M = Numteor of flights represented by the spectrum.

Rowriting Equation 8-3¢ , assuming the change in a to be small in Ng cycles.

N

da m+p 1 $ (A(Ti)“wp
i - CA (8)J7R) vy Z — (8-40)
=1 (1-R)

Now define & a

i , Js (Aci)m*p m+p
g = ——e =41
¢ Ng z m ( ‘

‘f'he application of N/M cycles of ¢ with an R value of 0, will produce the growth
which is equivalent to the growth caused by the actual load cycles of an average flight.
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N m+p
dn 8 -
_—=— JTa -42
F°- M c[x(a)o a] (8-42)
The number of flights required to grow a crack from ai to ai+1 can be found by

solving the differential equation. Equation 8-42 is separable and can be written in
integral form as shown by Equation 8-43 .
a

i+l
AF = —2 da

NSCOm P 8, A (a)g7al™'P

(8-43 )

The closed form solution to Equation 8-43 can become exceedingly complex and
perhaps impossible depending on the form of A (a). The simplest form of A (a) which
is useful leads to the folloving choice.

A(a)=xo+x‘a for ay=asa; 4 (8-44 )

Equation 3-44 represents a lnear approximation to X on an interval containiig both
agand ag 4. Ay and A, are the slope and Intercept of this linear approximation. Even
with this simple form, the closed form of the solution is not practical. Numerical in-
tegration techniques must be applicd to find the solution., Since A (1) has been chosen
to be lincar in a, the following {form of Equation 8-42 can be written.

a8
M L1+l da

WF™ P

AF = - "
NgClaa(@n1™ P a

(8-45 )
i

where

< a%* s
ai a &i+1

Performing the integration in Equation §-45 leads to the following solution.

ar = 2 a (2-m-p)/2 -a (2-in-p)/2 ( 8~16 )
NS'C[&'A(a*)] m+p,(m*p_2) i i+1 ¢
where
m+pé2



The error of integration introduced is dependent on the selcction of a*. If a* is

chosen to be equal to a, then the error is

m+p
E= [M&’:).] -1
X\ai)

Since (ni < g*s aH 1) the maximum possible error is introduced when a* = a

Aa mip
__t:v] .

Emax “1IX (ai)

( 8-47 )

i+1’

( 8-48)

The greatest potential error can be limited to some prescribed error E* > 0 by

proper selection of ai+1'

A . m+p
[0+xl%ﬂl 1| <E*
Xo * xl. ai

( 8-49 )

An operator H is introduced so that the absolute value bars can be removed.

A +A..a
o 1 il 1/(m+p)
N +).a < (1 + HE®)
0 11

Where,
H=1 for kl >0

-1 f <
» or)t1 0

Solving Equation 8-50 for a“] results in the following

A A
1/(r+p) | "o o
aiﬂ = (HE* + 1) [ + a8 ]- X

where )\l £0

e

( 8-50 )

( 8-51 )



For the case where Xl = 0 the value of a;,, may be set to the largest value of a
for which the linear approximation to A is valid, in which case the integration is exact.

The following equation is used to supply the (lo/xl) term for valucs of A supplied at
two crack sizes.

Yo N My \
A - A - A ( 8‘51« )
1 j+1 3
where (aj, aj+ 1) is the interval over which the A function is to be linearized and
Aj and Xj+ 1 are the values of \ at 9.j and aj+ 1 respectively.

The foregoing procedure is applicable to any flaw geometry for which the stress
intensity correction factors, X, are known. The program currently contains factors
for a wide range of stiffened panels with through cracks. Curves for L(a) and A(a) for
the case of a crack extending equally on both sides of a riveted stiffener (illustrated
in Figure 8-41 )arestored withintheprograminthe form of data tables. Yor fur-
there information concerning the derivation of these curves the reader is referred to
Reference 14.

Figure §-41 Stiffened Panel Crack Ged metry

The program currently contains 75 sets of data for L(a) and A(8) covering a wide

range of stiffener spacing and percent stiffening, including cases for broken stiffeners.
Figure 8-42 prosentsatypicalsct of curves. Linear interpolation is used to deter-
mine L(a) and \(a) curves for cases which lie between data sets, These curves are
used for all riveted-stiffener plate combinations, (e.g., panel types 4 through 9 of
Figure 8-3 )¢
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Figure 8-i2 Stiffened Panel Stress Intensity Correction Factors

" For the case of integral construction (e.g., panel types 1, 2, and 3), the panel is
treated as a flat plate without stiffeners with a thickness equal to T (i.e., A\(a) =1.0).

The residual strength analysis dotermines the failing strength of a damaged panel.
Damage consists of skin cracks and broken stiffeners. The rosidual strength of a

damaged panel is dofined as the maximum stress lovel which can be applied to the

panel without the crack growing unstably to failure. Unstable crack growth occurs
when the applied stress intensity factor, K, oxceeds the fracture toughness of the
skin material, Ke.

Unstable crack growth is allowed to occur at stress levels below the residual strength
of a pane! as long as the crack growth eventually arrests at a larger crack size. When-
ever stress level of the most highly loaded stiffener exceeds the ultimate tensile
strength of the stiffener, it fails, and the applied stress intensity factors of the skin
are recalculated to reflect the broken stiffener.

Figure 8-43 {llustratesatypical exampleof the residual strength analysis procedure,
The curves shown are generated by calculating the gross panel stress which causes
stiffener failure and the gross panel stress which cause unstable crack growth. Equa-
tlons 8-53 and B8-54¢ are used for these calculations.
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Ke

" e e ( 8-53 )

cr(unm\blo crack growth)

Fru

Oor (stiffenor failure) B L(a) ( 8-54)
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Figure 3-48  Typical Example of Residual Strength Analysis
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8.2 SECONDARY STRUCTURE. The analysis procedure for secondary structure is
for the leading edge, trailing edge, and tips for the aerodynamic surfaces. The fuselage
secondary structure (floors, doors, and windows) is based on statistical data and is
included in Section 9, 2. .

8.2.1 Tip, Leading and Trailing Edge Analysis. The leading edge, trailing edge,
and tip synthesis modules provide the capability to analyze the aerodynamic surface
structural components that are not considered 23 part of the structural box. The lead-
ing edge is defined as being forward of the front spar and includes the fixed position of
the leading edge and the leading edge high lift devices (slats). The trailing edge is
defined as being aft of the rear spar and includes the fixed trailing edge, foreflaps,
flaps, ailerons, rudder, elevator, and spoilers. The tip is defined as that structure
outboard of the struciural box tip closing rib.

The synthesis includes a definition of part geometry and a detailed stress analysis that
determines gages, accounts for material types, and sets minimum gage constraints.
The geometry routines provide dimensional input to the stress analysis routines. The
geometry and stress routines output includes part size and weight, as well as param-
eters for the part definition and cost routines. A generalized flow of the leading edge,
trailing edge, and tip subprogram is shown in Figure 8-44 .

The analysis utilizes nine geometry routines, three stress analysis routines, six
supporting routines, and two calling routines. The geometry routines are for flaps,
aileron, rudder, elevator, slat location, slats, fixed leading edge, and spoilers.

The stress analysis routines include foreflap, spoiler, and one which analyzes the
flaps, ailerons, slats, rudder, and elevator. The supporting routines derive dimen-
sions, matecial properties, and general analysis. A discussion of these routines is
included in the following paragraphs.

The flap geometry routine provides flap planform dimensiors and locations from input
data. The flap types considered are simple flaps, and single-slotted and double-slotted
flaps. In the case of single or double slotted flaps the foreflap dimensions are computed
in addition to the main flap dimensions, The driving parameters in determining flap
dimensions are the flap area to wing area ratio, flap chord to wing chord ratio, and flap
inboard chord. If the area ratio is input the flap length will be set to give required flap
area. The flap length will be truncated at the wing tip or the inboard edge of the aileron.
The flap chord is set by the ratio of flap chord to wing chord. If the ratio is zero the
chord is assumed to be 83Y% of the distance aft of the rear spar. If the flap chord is
input, the value of flap chord to wing chord ratio will be computed for use in determin-
ing flap dimensions. The inboard edge of the flap is located at the side of the fuselage.
Flap geometry output consists of inboard and outboard chords, span stations of the flap
inboard and cutboard edges, and the flap length.

The aileron geometry routine provides aileron planform dimensions and locations from
input data. The outboard edge of the aileron is assumed to he at the wing tip and the

8-59
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SUPPORTING SUBROUTLNES:

THICK DENS
Flap Flap, Ail., PROPMT SMROOT
Slat, Rud. & CHANGE  DISC
Geometry Elev. Analysis [~ %] l : —
Flap, Aileron,
FLPGOM ASURF Slat, Rudder,
] ! and Elevator Parts
Aileron - CSPART
Geometry Surface —
- Calling
AILGOM Routine
CALLSF
' Foreflap
Rudder l Parts
Geometry Prediction
Foreflap FFLPPT
RUDGOM Analysis el
Elevator FORFLP TIP Parts
Geometry Prediction
EVGEOM TIPART
Slat
Geometry Fixed Leading Fixed Leading
Edge Calling Edge Parts
] . pr——
SLGEOM =®*1 Routine Prediction
t FLPART FXLEPT
Slat Fixed Trailing
Location Edge Parts
“®1  Prediction
SLATLO FEPART
Fixed Spoiler ?::::r
Leading Fdge Analysis _T_'*' Prediction
Geometry 33 SPPART
FLEGOM Orn‘ =
Spoiler mu;;
e
Geometry =g Routine
SPLGOM CALLSP

Figure 3-44

Leading Edge and Trailing Edge Synthesis Routine
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PR

inbudrd edge is truncated at the side of the L. i the inboard location ts not shecified.
Vhe atleron chord ts computed as 107 greater @4 oo the trailing edge length.  If the

3 Uedge location of the aileron is input 22 fongth will be set to provide the

ve pitred aileron area.  Aileron geometry our o consists of inboard and outboard
cherds. span stations of the aileron in” oar @ mitboard edges, and the afleron
lens. i,

The ruc.der geometry routine provides » & o planform dimensions and locations frem
fnput data.  The rudder extends froxe @0 - Ly to the vertical stabilizer tip., The
rudder chord value is sel oqual to 20 0 the theoretical chord length aft of the vertical
stabilizer rear spar location, Ruduer geometry output consists of inboard and out-
board chords, span stations of the rudder inboard and outboard edg?s, and the rudder
length,

The elevator geometry routine provides clevator planform dimersions and locations
from input data. The elevator extends from the body to the hovizontal stabilizer tip.
The elevator chord value is set equal to 907 of the theoreticul chord length aft of the
horizontal stabilizer rear spar location.  Elevator geomet ey output consists of inboard
aud outboard chords, span stations of the elevator inboad and outboard edges, and the
elevator length,

The slat geometry routine comprises two separate operations.  The first locates the
inbuard and outboard ends of the slats and defines the siat length,  The inboard
location is set at 45.7 em (1.5 t) outboard of the side of the body. The outboard
location includes 91.1 em (3.0 ft) of clearance for each wing mounted engine pylon,
The second operation determines the individual slat lengths, chonds, and inboar.d
and outboard stations for two and four engine aircraft. The slat analysis for a two-
engine contiguration provides three opoons for slat segment location: 1) inboavd
only, 2) outboard only, 3) outboard only, ) inboard and center, 35) center and out-
board, and 6) inboard, center, and outboard. The specific slat chord lengths are
computed as a function of the slat chord to wing chord ratio,  However, if the ratio
iz not input a value of 0, 0735 {s used.  This {8 an average vadue for typical transport
afreraft,

The fixed leading edge geometry routines provide planform dimenstong and locations
for the wing, horiromal stabilizer, and vertical stabilizer leading edges. The
hortzontal and vertical stabilizer leading edges start at the body and end at the tip.

The leading edge chord {s fnput as the total distance forward of the front spar. The
wing has two typer of fixed leading edges; under-slat and between-slat.  The leading
edges extend {rom the side of the body to the tip, the appropriate type being used as

@ function of the slat locations.  The between-slat tyvpe extends the tull distance forwamnd
of the front spar and the under-slat type assumes a chord equal to 875 of the wing chond.
Fixed leading edge geometry output consists of the lengthr and chords of each tvpe of
edpe.

N=61

et

s ————



The spoiler geometry routine provides spoiler planformm dimensions and locations
from input data. If the spoiler area is input the spoiler will be resized to the arra
output from the aircraft sizing routine, If the area is not input the user must provide
the inboard and outboard edge locations as well as the spoiler chord to wing chord
ratio. If the spoiler chord to wing chord ratio is not input it is assumed to be 0. 15.
The speiler inbeard edge is assumed to be at the side of the body and the outboard
edge is computed. The outboard edge is truncated at the wing tip or at the e, » of
the aileron., Spoiler geometry output consists of inboard and outboard chords, span
stations of spoiler inboard and outboard edges, and the spoiler length,

Th.o iixed trailing edge geometry routine assumes a total length from the Lody to the
tip for wings, horizontal stabilizers, and vertical stabilizers, The fixed trailing edge
chord is computed as a function of the total trailing edge length and the surfaces in-
volved, The lower surface chord is computed as 6. 8% of the trailing edge length if
there are flaps and 10% if there are ailerons, rudders, or elevators. The upper sur-
face chord is computed as 29, 6% of the trailing edge length for fl~n3 only. It is set
equal to the spoiler chord if there are flaps and spoilers, and equal to 10% of the
trailing edge length for ailerons, rudder, or elevators, If there are no control sur-
faces the fixed trailing edge extends from the rear spar to the aft edge of the wing,
horizontal stabilizer, or vertical stabilizer.

The spoiler analysis producea structural member thicknesses and desired rivet pat-
terns. The planform geometry is obtained from the spoiler geometry output. Mcmber
thicknesses are computed and adjusted to standard gages. Cross-sactional geometry
is shown in Figure 8-45 . The front spar is a bent-up sheet metal zee, the two ribs
(at each support) are bent-up sheet, and the skins are sheet metal over a fuil depth
honeycomb core.

The spoiler analysis accounts for extemal and internal loads. “The external loads for
transport aircraft are normally those loads which the spoiler actuator produces. In
this analysis the spoiler extemnal load is assumed to be G8 N-m (600 lb-in) of hinge
torque per running inch, limit. This is comparable to the 990 loading condition. 'T'he
internal load analysis subdivides the total spoiler area into the smallest number of
segments (individual surfaces) where all segments are equal in length @nd not lorgzer
than 152 centimeters (60 inches). The segments are supported at each end and all
torque is taken by the inboard support. The spoiler is analyzed as a simple heam.
The point of maximum bending moment is determined, and the hending moment and
spar depth computed. All spoiler bending moment is taken by the spar and effective
skin. The bending section (Figure 8-45 ) is assumed symmetrical, and the tension
and compression stresses are equal to:

F- M (d/2)

" ( 8-55)

where
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F bendiogr s{ress

d contour depth at spar
M bending momoent
1 s[ection moment of tnertin

The compression buckling allowable is:

242/ £ \"° b (Roforence 5 ,

Fog = 0.56 ¥y I\ A ) Foy Bquation C7. 4) ( 8-56)
whoro

ch = compression buckling allow ble

‘cy = compressive yield allowable

t = material thickness

A =caparea (-1, 73t)

E = material elastic modulus

The spar cap sheet thickness is sized so that the stress level is equal to or less than
the lurger of the compression buckling allowable or 805 of the ultimate tensile allowable,

The {inboard rib s analyzed {fov bending at the frond spar.  Sinee all torque is taken at
this rib, the bonding moment {s equal to the total spotler torque about the spar, the
soction (Flgure 8-45 ) is symmetrvieal and the tenston, compression, and compressfon
bucklng stresses are computed the same as shown for the spar,

The skin thickness {s based on skin shear flow at the inboard hinge where all spoiler
torque is reacted about the spar, Stnce the skin is supported by the honeyeomb core,
the shear allowable is based on the ultimate shoar stress times a vivot tactor of 0.8,

Approximate material propevties ave selected for cach part analyzod, The awlyais
determines tho matervial thicknesses as a mintmum required thickness and then

rounds the value of the next largee standarvd gage, A minfmum gage of 0,051 cm (0, 020
in.) and a maximum gage of 0, 636 e (0, 250 ing) are set as constraints, The standard
shoet gages used ave summarized in Table g-7 .

The number of rivet holes (representing the actual number of rivets necded) and the
hole sfzes are output.  The quantity and s{ze of the rivets {8 bused on o 1 2A shear
flow analysis at the tnboard rib. The vivets ave sived based on the protorading head
shear allowablos at a spacing of four thnes the shank dinmeter, The number of holes

N-ti-t



Table

8-7 Standard Sheet Gages {8 equal to the number of rivets. That is, the

holes are counted for only one member. When

two rows of rivets are required, an additional
amount of spar or rib cap width is output, but

0.180 0,071 the additional area is not used to resize the cap.

0.229 0,090 The foreflap analysis produces the structural
0.254 0.100 member dimensions and desired rivet patterns.
0.318 0,125 The planform geometry is obtained from the
0.406 0.160 foreflap geometry output. Member thicknesses
0,483 0,190 are computed and then adjusted to standard
0.635 0,250% gages. A typical foreflat cross section is

shown in Figure 8-46 . The front spar is

cm in, cm in,
0,051 0.020%
0.064 0.025 0.203 0,080
0.081 0.032
0.091 0,036
0,102 0.040
0,114 0.045
0,127 0,050
0.160 0.063
t minimum $ maximum

bent-up sheet metal channel and is sized by a
loads analysis. The le.ding edge skin and rib

thicknesses are fixed at 0. 127 cm (0. 050 in.). The honeycomb box factor is set at 1
and assumes an allowable shear stress of 110 N/em= (160 psi). The box skin thickness
is assumed to be 0. 051 cm (0. 020 in.).

The foreflap sparanaiysis accounts for external “nd internal loads, The external
applied loads are derived from the geneval formula:

where

W

W

4 2}

.
Cp

\Y

o
a | MO .
sc, (295) ( 8-57)

{otal surface load
total surface area
normal 1ift coefficient

desipn speed

The average pressure, ultimate, is applied to the foreflap uniformly and {s computed
from the transposed form:

where

]1

ave

I

>
ave

2
w oo (G
: 'h:‘ 1.6 -5-9—5" { 8§-58)

average ultimate surface pressure and for the foreflap
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Cn =4,0

Vv = 1,75 Vg, where Vg = stall speed

The internal load analysis subdivides the total surfac: length into a number of equal
length segments (individual surfaces) each with a length equal to or less than 457 cm
(180 in. ). If the individual segment length turns out to be greater than 356 cm (140 in.),
three hinge supports are assumed, One is in the center and two are located 15% - ¢ the
surface length from eack end. If the individual surface length is less than or equal to
356 cm (140 in, ), two hinge supports are assumed, each 28% of the surface length from
each end.

'The vertical shear, bending moment, and torque about the front spar are calculated at
each hinge. The torque is calculated at each end of the surface segment and i{s assumed
to vary linearly between the ends. The torque is reacted at each hinge using the same
formulae used to calculate shear reactions. The foreflap bending is assumed to be
taken by the spar and associated skin as shown in Figure 8-46 . The bending stress
can be computed from Equation 8~55 , and the compression buckling allowable stress
can be computed from Equation 8-56 . Spar thickness is sized to be the minimum
necessary so that the stress level is equal to or less than the larger of the compression
buckling allowable or 80% of the ultimate tensile allowable.

All rivet patterns are assumed to be comprised of a single row of 0. 65 cm (0. 25 in.)
diameter rivets spaced at two diameters. The output number of holes is equal to the
number of rivets. However, each rivet is accounted for in only one part of the joint.
Adjustment of material thicknesses to a standard gage is accomplished in the same
manner as discussed for the spoiler.

The analysis of the flaps, ailerons, slats, rudder, and elevators produces the structural
member dimensions and the desired rivet patterns. The planform geometry is obtained
from the specific control surface geometry output, and the member thicknesses are
computed and then adjusted to standard gages. The control surfaces are assumed to
have the geometry shown in Figure 8-47 . The front spar has extended caps and a
sheet metal web, and the rear spar is a bent-up sheet. Both the leading edge skin and
the main box skin are sheet metal. The trailing edge consists of a full-depth honeycomb
core with a single plece of sheet metal forming both upper and lower skins. The air-
load ribs and the leading edge ribs are bent-up metal. There is a leading edge rib at
each airload rib span station. The hinge ribs consist of extruded spar caps and a sheet
metal web with bent-up flanges to pick up front and rear spars.

Appropriate material properticvs are selected for the analysis of cach part. Thicknesses
are fixed for the leading edge skin and ribs, airload ribs, rear spar, and trailing edge
skin as follows:
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Part Thickness

Leading edge skin Same as box skin

Leading edge ribs Same as airload ribs
Airload ribs One gage heavier than skin
Rear spar One gage heavier than skin
Trailing edge skin Minimum gage

The analysis for the remaining parts determines the matorial thicknesses in terms of
a minimum required thickness and then rounds the value to the next larger standard
gage. Standard sheet gages are summarized in Table 8-7 , and standard gages for
extrusions in Table 8-8 .

Table 8-8 Standard Extrusion Gages The parts sized by a loads analysis
include the basic skins, spar webs, spar
caps, hinge rib caps, hinge rib webs,

cm in. cm n. and the trailing edge honeycomb, The

0.127 0,050t 0.318 0.125 analysis accounts for both the internal

0.160 0,063 0.395 0,156 and external loading conditions. The

0,198 0,078 0.478 0,188 applied external loads are normal (to the

0,239 0,094 0.635 0,250% surface) loads only. For the wing surfaces
(flaps, ailerons, and slats) these normal

¥ minimum ¥ maximum loads are derived from the general formulae
of Equations 8-57 and 8-58 .

For flaps,

V  1.75 Vg (Ref. MIL-8860, Para. 6.2.3.9), where Vg = stall speed
C, 1.6
For slats,
V - 1.75 Vg
c, 3.0

For ailerons, rudders, and elevators, V is derived from

V2
Nz W = CLy Syine o= (MIL-8860, Para. 3.2.2.2)
or transposing:
205 N_ W
Ya© V= CLMax SWing
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where

Nz = maximum normal load factor
w = aircraft gross weight
C
L = maximum lift coefficient
Max
SWing = wing area
Va = aileron design speed

For allerons,

il

C
n

1.6
For rudders and elevators,

Cc =1,3
n
The average pressure, Pav » is applied to the coutrol surface as a chordwise triangu-
lar distribution with the cen%er of pressure at the 33% chord aft of the leading edge. 1f
the design speed is equal to or greater than Mach 1, the center of pressure for the
aileron, rudder, or elevator is assumed to be at the 47% surface chord. Spanwise
running surface loads are therefore proportional to surface chord.

The internal load analysis subdivides t. ¢ total surface length into a number of equal
length segments (individual surfaces) each with a length equal to or less than 457 cm
(180 in,). If the individual segment length is 356 cm (140 in.) or less, two hinge
supports are assumed, located 28%; of the total length from each end. If the scgments
are greater than 356 cm (140 in.), three hinge supports are assumed. One is located
in the center and two are located 15% of the total length from cach end. The vertical
shear, bending moment, and torque about the front spar are calculated at each hinge.
Torque is calculated at each end of the surface segment and is assumed to vary linear-
ly between the ends. For flaps and slats, torque is reacted at each hinge using the same
formulae used to calculate shear reactions. For ailerons, rudders, and elevators all
torque is reacted at the inboard (or lower) hinge.

The skin thickness i{s computed based on skin shear flow, and the allowable stresses
are fixed as a function of rib spacing. Since the hinge rib number and locations are
fixed, rib spacing is determined for each bay between hinge ribs by equally spacing
airload ribs. For u given skin thickness, rib spacing can be determined from Figure
8-48 . This curve is a typical design curve for sonic fatigue requirements associated
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MINIMUM SKIN THICKNESS (centimeter)

with the preliminary design phase of aircraft analysis. For practical considerations,
a minimum rib spacing of 7.6 CM (3.0 in.) has been incorporated into the computer
program analysis logic.

An analysis 1s made of the inboard panel of the bay with the maximum rib spacing
assuming maximum skin shear flow exists there. Allowables are determined for
an incomplete diagonal-tension panel utilizing NACA TN 2661, (Reference 15). The

critical buckling stress is computed from FQ = Kss E (t/d)” where qu Is from

figure 12 of NACA TN 2661 (Roforence 15).C£i'he diagonal tension factor, K, is
derived from Equation 27 of NACA TN 2661 (Reforonco 15). Then the allowable
shear stress can be determined as a function of K utilizing the 40-degree curve of
Figure 19 (a) of NACA TN 2661 (Roference 15). The skin is sized so that the maxi-
mum sheay stress does not exceod the allowable, and so that the ratio of the maxi-
mum to the critical shear stress does not exceed 5.

(inches)
(0) (5) {1
0.25 T T T T T T T 1 2. 10
0. 15—

(inches)

0.05 —
o .| | ! | 1 | Y1)
0 5 10 15 20 25

RIB SPACING (centimeters)

Figure R8-48  Sonic Fatlpue Cunve
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The spar web thickness is determined using the maximum spar shear flow. ‘The anal-
ysis is made using either the panel at the inboard end of the surface segment or the
panel just outboard of the inboard hinge, which ever has the greatest ratio of spar
height to rib spacing. An incomplete disgonal-tension analysis is made like that made
for the skin,

All the flapbending moment is taken by the front spar caps and associated skin and spar
web, The critical bending location is at the hinge where the ratio of bending moment-
to-spar depth s largest, The effective spar section is as shown in Figure 8-47 .

This bending section is symmetric; therefore, tension and compression stresses are
equal and may be computed from Equation §-55 .
M (d/2)

F = "

d = contour depth at spar

The compression buckling allowable,

3 ¢2 E 0.5 0.40
ch = 0.67 Fcy 2 T (Reference 5 , Equation C7.5)
cy
where
ch = compression buckling allowable
Fcy = compressive yeild allowable
t = material thickness
A = caparea (= 1,46 t2 + 0, 82t)

]

E material elastic modulus

The spar cap is assumed to be an extrusion with a constant section thickness sized

so that the stress level is equal to or less than the larger of the compression buckling
allowable or 80% of the ultimate tensile allowable,

For all surface types, hinge ribs ara arsumed to have the same part thickness as
the inboard hinge. The rib cap is sized by the rib bending moment at the front spar,
which is equal to the surface torque (about front spar) at the inboard hinge, The
generalized effective rib section is considered to be the same as the spar section.
The compression buckling allowable stress equation is the same as that used for the
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spar. The rib cap is assumed to be an extrusion, and the censtant section thickness
is sized in the samc manner as the spar cap. The web thickness is sized to be adequate
for the inboard hinge rib shear flow,
T
Q= 7a

Q = inboard hing shear flow

T = torque reacted by the inboard hinge
A = inter-spar box area at the inboard hinge

The shear buckling stress is calculated for a web panel at the front spar assuming a
panel aspect ratio of 2,

2
Fscr=%9F ht/z
where
FSCR: shear buckling stress
E = material elastic modulus
t = material thickness
h = front spar height at rib

The web thickness is sized so that the shear stress level is equal to or less than the
larger of the shear buckling stress or 80 of the ultimate shear allowable.

2
The assumed honeycomb type and size has a shear allowable of 110 N/cm” (160 1b/ lnz).
A factor is developed that indicates how much heavier, than the basic core, the actual
core must be. The factor, Kcore' is based on the core shear due to trailing edge

airload,

° .
0.2 pmax) (0.2 chord)

8 ) 2d
where
f&l = core shear
P = maximum airload
max
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chord= chord length
d = contour height at rear spar
and
core fs/160

Rivet sizes and numbers are calculated using the shear flows that sized the skin,
spar web, and hinge rib web. Rivet shear values are used as the allowables and a
rivet spacing of four diameters is assumed,

Q No. of Spacing

N/cm Ib/in_ Rows__Rivet cm_ in,

0 to 1359 (0 to 776) 1 4AD 1,27 (0.50)
1360 to 1671 (777 to 954) 1 5AD 1.59 (0. 625)
1672 to 2755 (955 to 1573) 1 6DD 1.91 (0. 75)
2756 to 3427 (1574 to 1957) 2 5DD 1.59 (0. 625)
3428 and above (1908 and above) 2 6DD 1.91 (0. 75)

In the output the number of holes is equal to the number of rivets; each rivet hole is
accounted for in only one part of the joint. When two rows of rivets are required, an
additional spar or rib cap width is output. This additional area is not used to resize
the cap.
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SECTION 2

PARTS DEFINITION

Detail parts definition methods have been developed to predict a generslized detaid
parts listing based on the output from the structural synthesis analyvsis, The resultant
parts listing provides a complete breakdown of an airframe structure into its most
elementary components, 7This listing of detail parts then represents the basis of a
weight and manufacturing cost analysis procedure, As part of this procedure each de-
tail part is looked at individually and anzlyzed in terms of its weight, cost to manu-
facture anl cost of material.

A sequence of assembling the detail parts is also modeled. The weight and costs
corresponding to each step of the assembly process are ircluded in the comput itions,
Thus, the weight and costs of the complete airframe struciure 2an be obtained by
summing the values for the individual parts, and adding in the clemenis 1s: ociated
with the assembly.

The detail parts associated with the fuselage and aerodynamic surfaces are defined «nd
analyzed in the part definition subprograms that are driven by the structural synthesis.
The part detinition routines associated with the structural box define the surface geom-
etry in terms of minimum gages, rib type and location, flange width, fastenzr size,

etc. A breakdown is made of major components into detail parts. The logic parameters

are defined for process listings and the cost analysis. These routines also define and
size the leading edge, trailing edge. and tip geometry and weights.

The part definition .outines associated with the fuselage shell define geometry in terms

of frame stations, barrel stations, frame segment perimeters, etc. A breakdown is

made of major components into detail parts, The logic parameters are defined for process
listings and the cost analysis. A separate accountiig is made for the fusalage penalty items
(bulkheads, windows, floors, dcors, etc.) not included in the fusclage structural synthesis
subprogram,

The airframe actual weight and the material purchase weight arec computed within the
part definition subprogram. Detail part weights are summed to build up the subcom-
ponents into subassemblies, and subassemblies into major components, etc., to derive
the complete airframe assembly weight.

The actual welght reflects the actual weight of Lthe iinished part. It is computed based
on the actual geometry cf the finished part, and accounts for design, manufacturing,
and assembly considerations that wuld normally go inw producing a real part. Figure
9-1 {llustrates the different concepts involved in determining the idcalized or theo--
rotical weight and the practical .r actual weight. The former is based on ihe output
from the structural synthesis routines, and the latter on the detail part Aefinition rou-
tines.
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Figure 9-1 Representative Difference Between Theoretical and Actual Body Frames

The material purchase weight is the weight of raw raterial stock that must be pur-
chased ir order to be able to manufacture a part of actual weight. Calculation of the
material purchase weight uses the same terms as the actual weight but includes allow-
ances for material removed during manufacturing, Operations resulting in the loss of
material include the initial material cut off from the raw stock, initial cufting to size,
trimming, milling, turning, drilling, etc. Figure 9-2 illustraics the difference in
actual and material purchase weight for an integrally stiffened skin panel. kxtruded
plate is purchased. From the constant dimensions of the plate a skin panel with varied

skin thickness ana stiffener dimensions is machined corresponding to the varied load
conditions over the surface of the skin,

9.1 AERODYNAMIC SURFACES., The parts definition associatcd with the acrody-
namic surfaces is subdivided into two parts, The first part deals with the structural
box and the second with the leading edge, trailing edge, and tips. The leading edec is
deinfed to include all items located forward of the front spar, the trailing edge includes
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Figure 9-2 Representative Difference Between Material
Purchased and Finished Form of Skin Panels

all items aft of the rear spar, and the tip includes all items outboard of the structural
box tip closing rib,

The parts definition of the structural box e.. mpasses the covers, spars, and ribs,
The construction modes available are skin-stringer, multi-web, and full depth sand-
wich, The construction modes are built-up from a combination of skin panels, spars,
and ribs, The structural synthesis program analyzes twelve panel configurations,

five spar types, and five rib types, andtransfers dimensional data to the parts defini-
tion subprogram. The paris definition program generates detail part data on four
panel configurations, two spar types, and one rib type. A summary of the available
skin panel configurations, spar types and rib types within the structural synthesis

and parts definition subprograms are shown in Figure 9-3.

The p~rt definition material properties include three metallic and three composites,
The metallic material properties stored as a function of temperature are for aluminum,
titanium and steel. The composite material properties stored as a function of tem-
perature are for boron-epoxy, boron-aluminum, and graphite-epoxy.

The parts definition subprogram develops data for the leading edge, trailing edge and
tips in addition to the structural box. Dimensional data for the detail parts are de-~
rived in the structural synthesis and each component that is analyzed is then broken
down into a series of detail parts in the detail part subprogram. The components
include flaps, foreflaps, ailerons, rudders, elevators, slats, spoilers, fixed leading
edge, fixed trailing edge, and tips. The aerodynamic surface parts definition analysis
is discussed in detail in the following sections,
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COMPONENT

STRUCTURAL SYNTIIESIS

(APAS) CONFIGURATION

PARTS DEFINITION
CONFIGURATION

Panels

Spars

Ribs

Figure 9-3

9.1.1

Stiffened Plate

» Unstiffened Plate

Metal Faced Sandwich

Composite Faced Sandwich

Integral Blade

»Integral Blade

Integral Zee
Integral Tee

—=Integra: Zee
-~ Integral Tee

Joined Zec

Joined Jay

Extruded (Joined) Closed Hat
Formed (Joined) Closed Hat
Extruded (Joined) Open Hat

Formed (Joined) Open Hat

Integral Web
Build Up Web

~Integral Web
_» Built Up Web

Corrugated Web

Integral Truss

Built Up Truss

Integral Web

Stop

Built Up Web

Corrugated Web
Integral Truss

Built Up Truss

. Built Up Truss

Summary of Structural Synthesjs and Parts Definition Configurations

Skin Panel Parts Definition, The skin panel part definition model has four

panel types. A summary of the panel concepts currently available in the parts defini-
tion is presented in Figure 9-4 .

Each of the lifting surface cover panels is assumed to be a complete (integral) assem-
bly by itself, There are no other detail parts associated with the panels at this stage.
Subassembly operations accounted for in the panel analysis are the spanwise and
chordwise panel splices. Assembly of the complete box structure, as illustrated in
Figure 9-5 , is accounted for in the structural box parts definition process.

Input to the panel parts definition routine includes variables from both the lifting sur-
face geometry and the structural synthesis routine. Input from the structural synthesis
process is comprised of panel cross section dimensions of each control station,
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Figure 9-4  Lifting Surface Cover Panel Options for the Parts Definition
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Figure 9-5  Typical Mode of Attachm- for a Lifting Surface Cover Panel
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Additional input from the geometry routine includes the number and location of the
control stations, and the number of control station nodes. User supplied input accounts
for specifying a panel type with an option for also defining a maximum allowable panel
length,

As part of the parts definition process the semi-span is divided into a number of con-
stant length panels. In the absence of a user specified punel length, a maximum length
of 10,06 m is assumed. Panel widths are assumed to he defined by the node locations,
which in turn are defined in the lifting surface geometry routine, A constant number

of panels are asswned across the surface in both a spanwise and a chordwise direction.

Panel cross section diniensional data is computed at the actual panel endpoints by a
linear interpolation of the geometry at adjacent control gtations. The reference geo-
metry of a typical panel in terms of the program Fortran variables is iilustrated in
Figure 9-6 . Corresponding detailed dimensions for the various panel types are
presented in Figure 9-4 . The panels are assumed to be spliced, using an overlap
joint, in both the spanwise and chordwise directions, to form a complete cover ready
for attachment to a spar and rib box structure.

PSTA (K+1)

PANEL NUMBER (11, K)

PANEL TYPE IPT (II)

SL

/ PSTA (K)

f~ —— PDSS (LK) -—-— -y
NODE (1) NODE (11+1)

Figure 9-6 Typical Lifting Surface Panel Arrangement With Correspond-
ing Fortran Variabl!2s
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Panel weights are computed at three different levels of consideration. A theo-

retical weight is computed directly from the output of the structural synthesis

routines, The theoretical weight is the weight of the basic, idealized structural ele~
ment. It represents an optimum value that is based on geometry of a component sized
simply for load carrying capability. Real world manufacturing and asgembly constraints
are not considered. Typical features not accounted for are: flanges to serve as attach-
mcnt points, clearance allowances, material widths for edge distance requirements,
joint load path continuity, etc.

The actual weight reflects the actual weight of the finished part. It is computed based
on the actual geometry of the finished part, and accounts for all design, manufacturing,
and assembly considerations that would normally go into producing a real part. The
material purchase weight is the weight of raw material stock that must be purchased

in order to be able to manufacture a part of actual weight. Calculation of the material
purchase weight uses the same terms as the actual weight but includes allowances for
material removed during manufacturing. Losses occurring between the time the ma-
terial is purchased and its being utilized to produce a useful part (including losses due
to design changes, part duplication, spoilage, waste, overbuy, etc.) are accounted
for in the cost analysis portion of the program. Actual manufacturing operations which
result in the loss of material include the initial material cut off from the raw stock,
initial cutting to size, trimming, milling, turning, drilling, etc, Figure 9-7 illus-
trates the difference due to fabrication in actual and material purchase weights for the
cover panel arrangements which are available.

The general form of the equation used to compute cover panel weight is:

panel length
6

weight = * (area1 +area_+4 % arealz) * density

2

where area 1 and area, are the cross sectional areas at the panel ends, and area,
is the cross sectional area at the panel midpoint. The panel midpoint dimensional data
needed to compute area 12 is obtained by a linear interpolation of dimensional data at
the panel ends.

The optimum weight for each panel is computed utilizing the dimensions output from

the structural synthesis routines directly, The actual weight computation utilizes the
dimensions output by the structural synthesis with extra allowances made for manu-
facturing and assembly clearance requirements, edge distance requirements, flange
widths for attachment, fillets, standard and minimum gages, etc. For the current

cases involving integrally machined cover panels a minimum gage of ,081 cm is
assumed for the outer skin portions of the panel which are to be riveted during agssem-~
bly. Minimum gage for the remaining portions of the panel are specified by the user

and are accounted for in the structural synthesis. For the unstiffened plate configuration
the thickness of the skin is increased to the nearest standard material stock gage.
Because the panels arc integrally machined. there are no stiffener attachment flange
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width requirements or fastener edge distance requirements during assembly to con~
sider. Fillets with a .635 cm radius are added to the stiffener corners.

STANDARD
GAGE

T T2+26
b L Iﬂ&

' — —-— —=
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I et
T3+28 B1 -—ld B3+T2+26
==3 | =5 | == |
? | i ! -—r] le— T2+24
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J—' - L —— L_ —— __l ._..__.L.
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\ I~ T2+ 26
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Figure 9-7 Purchased Material Forms for Lifting Surface Cover Panel

Material purchase weights are computed based on an assumed raw material stock
form of either flat plate or extruded flat plate, Constant dimensions are assumed

9-8
e o

P! | v— — 0 s 1 -



for the raw material stock. The actual cover panel is assumed to be machined from
the raw material stock with skin thickness and stiffener dimensions corresponding to
the varied load conditions occurring on different parts of the surface. A constant
(linear) rate of taper of panel dimensions is assumed between panel endpoints. Weight
of the purchased raw material is computed by using the dimensions of the center, root
panel, and adding an allowance to account for machining losses. A single size of raw
material stock is agsumed for each surface and all panels for that surface are assumed
to be machined from this. The assumed raw material forms are illustrated in Figure
9-7.

The next step in the analysis procedure is a manufacturing cost computation. For each
detail part defined by the parts definition process, a corresponding sequence of manu-
facturing operations is automatically specified. This list represents those processes
which are required to produc.- the part in the shop. Each process is represented by

an equation from which a calcuirtion is made to determine the number of labor hours
required for that process during production of the part. These hours plus corres-
ponding labor rates, overhead rates, and efficiencies form the basis of determining
manufacturing cost.

9,1.2  Spar Part Definition, The spar configurations include integrally machined
and built-up spar arrangements., Each arrangement uses either an angle or a tee cap.
A summary of spar configurations currently available in the parts definition analysis
is presented in Figure 9-8,

Input to the spar parts definition routines include variables from both the lifting sur-
face geometry and the structural synthesis routine. Input fromthe structural synthesis
process is comprised of spar cap and web cross section dimensions at each control
station, Additional input from the geom- ‘v routine includes basic surface geometry,
the number and location of the control stations, and the number of ribs associated with
the surface, User supplied input encompasses the rib and spar types, and the total
number of spars. A minimum of two spars, a front and rear, is assumed in the
absence of an input. A maximum of five spars are allowed.

The program analyzes each spar of a surface individually, The true length of the spar
is computed by assuming a structural box extending from airplane centerline to the
surface tip, minus 30.48 cm allowed for attachment of a tip cap. No separate carry
through structure inside the fuselage shell is accounted for, The spars are assumed
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Integral Angle/Integral Blade

Integral Tee/Integral B'ade

Joined Angle/Joined Angle

Joined Tee/Joined Angle

Figure 9-8 Summary of the Spar Configurations Currently
Available in the Parts Definition Routines
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to run along constant percent chord lines, and are divided into a number of segments
if necessary to attain the 1l spar length., Maximum segment length may be input by
the user. In the absence of an input integrally machined spars are assumed tu ha.,e a
maimum segment length of 4.115 m and builtup spar segments a maximum length of
8.230 m.

Each spar segment is then analyzed separately. Basic elements comprising the spar
segment include the caps, web, web stiffeners, and rib stiffeners, Additional spar
parts include splice plates for splicing segments, fittings for attachment of leading and
trailing edge components, and assembly fasteners.

The structural synthesis process provides basic dimensions for caps, web, and web
stiffeners at each control station. Dimensions for the spar segment cap and web ends
are derived by interpolation between adjacent control stations. A constant rate of
taper of cap and web dimensions is assumed between segment endpoints. Web stiffen-
er dimensions are assumed constant along the length of the segment, and equal to those
dimensions arrived at by interpolation at the inboard end of the segment.

Optimum weights for the caps, webs, and web stiffeners are computed utilizing inter-
polated structural synthesis dimensions. The general form of equation is the same as
that used for the cover panels. The program next adjusts thesc dimensions to account
for actual manufacturing considerations. In particular, flange sizes are checked to
see thatthey are large enough to allow for proper clearances, edge distances, fasten-
er spacing, etc, The thicknesses of components fabricated from sheet stock are re-
adjusted to the next higher standard material gage, joint overlaps are checked, etc.
Actual weights are then computed using the revised dimensions.

Material weight for the integrally machined spar segment are computed by assuming

a solid bar of material with dimensions slightly greater than the mn ximum spar exter-
nal dimensions to account for cutoff and machining of the segment. The built-up spar
is assumed to be comprised of extruded caps, sheet webs, and bent-up sheet web stif-
feners. Material weighis for each of these elements are computed using the actual
weight computation dimensions plus allowances for machining, cutoff, etc,

One spar web splice plate is assumed for each spar segment except the last one.

Splice plates are sized to fit on the spar web inside the spar cap flanges. The width

is derived by assuming a total of four fastener rows across the splice with appropriate
clearances, spacing, and edge distances. Thickness is set equal to the spar web thick-
ness. The optimum weight is set equal to the actuai weight in this case since the plate
is sized initially by functional logic and not the structural synthesis. Material weight
is computed by assuming fabrication from flat sheet stock with a thickness equal to

the next higher standard sheet gage. Extra length and width of 5.08 cm are added to
the actual dimensions to account for initial cutting size.
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Rib stiffeners are specified along the spar web at each rib attachment point if the local

web stiffener spacing is greater than 30.48 cm. Thesc stiffcners serve as attachment
clips for the rib webs and are not utilized if truss type ribs are present. One set of
rib stiffeners are specified for external spars, and two sets (one on each side of the
spar web) for interior spars,

Rib stiffeners are assumed tobe bent-up angles with a thickness and riser height equal
to those of the web stiffeners. They are sized for an attachment flange width carrying
a single row of fasteners. Length is set equal to ‘he web height. Optimum weight is
again set equal to the actual weight., Material weight is computed by assuming fabri-
cation from the next higher standard sheet gage. The length and width are increased
by 5.08 cm and 2.54 ¢cm respectively, for the material weight computation.

Fittings are specified on the exterior spars for attachment of the leading and trailing
edge elements, These fittings attach to spar web stiffeners directly and to the adjacent
skin panels through a clip and doubler arrangement, Each machined fitting has associ-
ated with it two clips and two doublers.

Fittings are sized on the basis of the local spar height. A generalized fitting design

is assumed and the actual weight is computed by deriving dimensions in proportion to
the spar height., Appropriate dimensions and attachment flanges are checked for
fastener allowances and readjusted if necessary. Optimum weight is again set equal

to the actual weight, Material weight is computed by assuming the fitting to be machin-
ed from 2 block of thick plate, The dimensions of the block are assumed to be those of
the maximum fitting dimensions in each direction with an additional (5.08 cm on the
length, 2.54 cm on the width, and a 1,27 cm on the thickness).

The two doublers associated with each fitting are assumed to be cut from .160 cm
sheet. The length and width are computed as a function of the fitting size with minimum
values set for four rows of four fasteners each. Optimum weight is set equal to actual
weight, Material weight is computed with an additional 5.08 ¢cm added to the length

and width dimensions.

The two clips associated with each fitting are assumed to be short pieces cut from a

tee shaped extrusion. The length and riser height are computed as a fuuction of fitting
size. The base flange is sized to carry a single row of fasteners along each side of

the riser. The thickness of both the base flange and the riser is assumed to be .127 cm.
Optimum weight is set equal to actual weight. Material weight is computed by assum-
ing 5.08 cm of additional length plus an allowance for the material removed from the
riser,

The total number of assembly fasteners required is computed by summing the number
of fasteners necessary to assemble each detail part as it is looked at individually.
The following assembly operations are accounted for: attachment of the segment spar
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caps to the web, splicing the webs to attain a full length sper, attachment of the web
and rib stiffeners to the web, attachment of the doublers and clips to the skin panels,
and attachment of the fittings. The appropriate assembly opcrations are hypassed for
the case of an integrally machined spar.

No changes were made to the manufacturing process listings or to the manufacturing
cost analysis portion of the program during this effort., Spar detail parts are assumed
to use those process listings previously specified for similar parts. It is recommended
that future refinements include the addition of new structural configuration altermtives,
but also an updated and expanded process listing for the concepts currently available.

9.1.3 Rib Part Definition. A single rib configuration representing a built-up t uss
is available in the parts definition. All other rib types available in the structural
synthesis revert to abuilt~uptruss rib when the program reaches the parts definition
process.

The assumed arrangement of the rib is illustrated in Figure 9-9 . Detail parts in-
clude the upper and lower (or left and right) caps, 45 degree angle braces, right angle
braces, skin panel attachment clips, and assembly fasteners. The rib cap is assumed

to be comyrised of an extruded modified jay section with cutouts tc allow for passage of
the skin panel spanwise stiffeners. The rib caps are attached directly to the skin panels
along the length of the caps except where spanwise skin panel splices occur. Here,

ciips are specified for attachment of the rib cap to the skin panel. The clips are assumed
to be short pieces of extruded angle, and the number of clips associated with each rib

is set equal to the number of spanwise panel splices.

Figure 9-9 Assumed Arrangement of a Builtup Truss Type of Rib

The number of angle braces is computed by assumiag a brac . angle of 45 degrees with

a single right angle brace between adjacent 45 degree angle braces, The braces are
assumed to be extrusions with a cruciform section. Fasteners are required for attach-
ment of the braces and clips to the rib cap, and attachment of the rib cap to the skin
panels and spars. Aluminum, steel, or titanium fastcners are available in the program,
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Input to the rib parts definition reoutine includes variables from both the lifting surface
geometry aad structural synthesis routines, The required geometry data includes the
number and location of the countroe] stations, the number of control station nodes, the
pumber of ribs (up to a maximum of 100 are allowed per semi~-span), rib spacing,

and surface span. The structural synthesis provides at each control station the rib cap
area and length, brace area and weight, and the structural box average height. Panel
cross section dimensions (and panel type) are also required at each control rtation to
determine the rib cap cutout size for clearance of pancl stiffeners,

Ribs are sized by the structural synthesis routine at each control station, The rib
parts definition routine derives an actual spanwise rib location t~<ed on the specitied
rib spacing, The dimensions of the actual ribs are obtained by interpolating dimen-
sions between the contrel stations. Each actual rib is then analyzed individually.

9,1.4 Structural Box Parts Definition. To be able to predict manufacturing costs
based on the actual work to be performed, a complete list of required parts must be
generated, A parts definition procedure was developed that calls out a list of detail
parts when a structural comnouent such as a wing spar or a body frame is specified by
the structural synthesis routinea. Each detail part is used, iz tvm, io call out a list
of the associated manufacturing processes and the raw material stock necessary to
produce that part,

The part list library was established in the following manner. A model component such
as the structural box of the C-5A vertical stabilizer was selected and a complete part
listing of the model component was obtained. Additional parts were added to those of
the model component to account for variations in the mode of construction, The example
componcr. : were uscd as a checklist to ensure that all detail parts vere accaunted for;
they were not intended to serve as models to develop statistical part prediction factors.
An example of a component part listing for a skin-stringer type of vartical stabilizer

is presented in Table 9-1 . Nlustrated are the type and form of the data utflized to
develop the part list library. The figare reflects the number of dissimilar parts and
total pieces making up each component and gives the relative weights.

The parts 1list developed for the program is in a more generalized form than that shown
in Table 9-1 . Instcad of having separate front, intermediate, and rear upper and lower
spur caps, for example, the program defines one general spar cap.

However, the specific dimensions are determined separately for each location by the
spar sizing procedure in the structural synthesis routines. In this way the actual di-
mensjons change for various locations and types of spar caps, but the general shape
remains the same. Table 9-2 is a summary of the parts bufldup available in the pro-
gram for asrodynamic surfaces.
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Table 9-1 Example of a Component Part Listing
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Istermediate Spey Cop 1.8 s 9 3 9
Resr Bpar Cop 0.4 ®e. 9 3 ]
Interspar Cover 4.0 (e.1) 4 ¢
Jelats, Splices, & Fast. 12.0 Gc. @ 17 It
Lower Cape & Covers
Fromt Spar Cap e .9 H 2
Iatermediate Spar Cap 1.3 as. 9 - 3
Rear Spar Cap a4 (.0 2 2
Interspar Cover 43,0 @19 4 4
Jointa, Splices, & Fast. 1 Q.9 10 4
Spar Web & Stitfrners
Satermediste Spar &S Q4.4 . 1 1
St splices ¢ Fast. no (2.1) - -
interspace Ride 9.0 as..9 3 30
Pivet Fitting Instaliation 170.% 071s.6) s (]
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Owter Kection N,e09.9) U3, 84009 11,381} {2,812}
Upper Cape & Sw'n
Trout Soar Ca . 25,9 (s4.9) 3 4
Rusr Spar Cap 40,9 (v0.0) [ ¢
Interspar Cover 402,23 (1.022.9 1 2
Joints, Splices, & Fast. 0.8 (1.4 2% (V]
Lower Caps & Covers
Front Spar Cap 4 {ss.9) 4 4
Reur Spar Cap n.s (ns.9) ¢ [}
Interspar Cover 419.3 (922.9) 12 12
Jointa, Splices, & Fael. 18,8 (40.60) <6 s
Spar Web & Sii{lrners
Froat Spar 564 (124.9) ” 1ne
Resr Spar "¢ (310.7) 10 111 )
Joints, Splices, & Fast. 160 (3.9 1 |
sterspar Rite 1818 {2e9.1) 197 54
Leading Edge
Cover ne (rn.2) n 2
) 1.3 (24.7) . "
Auriltsry Spere .4 Q¢ 0) s 1]
Jolnks, Splices & Tam. | § G2 s 1
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The actual part prediction is done by establishing the functional dependency between the
parts available on the parts list and the specified mode of construction or the structural
configuration, For example, if a skin-stringer mode of construction is specified, the
structural synthesis routine calls out and sizes the gppropriate spars, ribs, and cover
panels. The parts definition routines then specify each detail part making up these
component>, The form of the functional logic used to break down each component fur-
ther is shown in the following example for a vertical stabilizer, which agssumes the
selection of a truss-type, built-up rib, a built-up web type of spar, and an integral
skin-stringer skin,

A truss-type, bullt-up vertical stabilizer rib is basically composed of left and right
(upper and lower) caps, truss-type braces, clips for skin attachment, and fasteners.
An assumed angle of 45 degrees is used to calculate the number of cross braces, which
is then equal to the rib chord divided by the average rib depth. The number of right-
angle braces is equal to the number of 45-degree braces minus one. The number of
clips required s equal to the number of 45-degree braces minus one. The number of
clips required is equal to the number of skin panels specified minus one, assuming the
panels overlap and that the edges of the forward and aft panels attach to spar clips in-
stead of rib clips. The number of fasteners required for skin attachment is derived

as a function of the number of rows of fasteners needed and a typical 1astener spacing,
for aluminum, say four times the fastener diameter, Figure 9-10 shows a root chord
section of the C-~5A vertical stabilizer, illustrating the construction of the rear spar,
cover panels, and the lower rib. Figure 9-11 1illustrates the actual truss-type rib con-
figuration used in the C~5A vertical stabllizer compared to the truss-type rib generated
functionally by the parts definition routine.

A buLt-up web-*spe vertical stabilizer spar consists of left and right (upper and lower)
caps on each side of a web, which is stiffened longitudinally by left and right (upper and
lower) rails. Various types of stiffeners are attached laterally across the web, includ-
ing actuator and rib stiffeners plus the basic web stiffeners. Actuator and hinge support
fittings and miscellaneous doublers, clips, and shims complete the parts list.

To the basic spar structure of caps, rails, and weh, the program addsa rib stiffener

at each rib station and one web stiffener for each rib. One doubler and doubler stiffener
are required at the root of the front spar. The program also calls out two miscellaneous
stiffeners and seven skin attachment clips for the front spar, and two hinge support fit-
tings and one actuator support fitting for the rear spar. The callout for four actuator
stiffeners (two each of two kinds for an actual totalof four) has as its basis four actuator/
hinge ribs required in a typical control surface (rudder) installation. The spar fasteners
required are calculated based on the number of fastene:s needed to fasten the caps, rails,
and stiffeners to the web. The cap-to-web fasteners are assumed to run along the length
of the spar in two rows for each cap. The rail-to-wek fasteners are also assumed to run
the length of the spar, but in only one row per rafl instead of two. A typical spacing of
four times the fastener diameter is used. The various stiffener-tn-web fastener require-
ments are calculated based on the number of each kind of stiffener needed and the average
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length of each stiffener, which is assumed equal to the average spar depth. A portion
of a rear spar similar to the type being discussed is showa in Figure 9-10 ,
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Figure 9-10 Root Chord Section of the C~5A Vertical Stabilizer

The various fastener diameters used in calculations are derived on the basis of material
thickness. Average thicknesses for the skin panel and spar web are calculated within
the parts-listing subroutine; the skin and rib fastene* diameters are based on the aver-
age skin thickness, and the spar fastener diameters are based on the average web thick-
ness. Actual values of diameter are called from a table located on the BLOCK DATA
portion of the program, which lists values of diameter corresponding to a given skin
thickness,

The number of skin panels required for each side of the vertical stabilizer is calculated
by assuming a maximum skin panel width of 50,8 CM (20 inches); hence, the number of
panels is equal to the rib chord divided by 20. The corresponding number of length-
wise panel stiffeners is calculated based on the stiffener spacing, which is called from
the structural synthesis portion of the program, The skin fasteners required are calcu-
lated as the number of fasteners needed to splice the overlapping skin panels together
along their lengths using two rows of fasteners along each splice, The skin panel
assembly shown in Figure 9-12 is the type discussed, and an individual panel is
shown in greater detail in Figure 9-13 .

The variables used in the parts definition routines, such as rib chord, average rib
depth, number of skin panels, and fastener diameters, are generated as output by the
9-17
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structural synthesis routines and act as input for the subsequent part definition routines.
There is no direct input to the parts definition routines. Three material types are cur-

rently available in the parts definition routines: aluminum, titanium, and steel. Note

that eight material choices were available in the structural synthesis routines, including

the three available in the parts definition routines. A material form is defined for all

the structural components, as listed in Table 9-3 . The program retains the capability

of adding any number of additional material and material form choices at a future date.

Table 9-2 Parts Summary:
Aerodynamic Surfaces

SPARS (FRONT & REAR)
CAPS
WEBS
RAILS
RIB STIFFENERS
WEB STIFFENERS |

ACTUATOR STIFFENERS
DOUBLERS ACTUAL TRUSS-TYPE RIB FROM

DOUBLER STIFFENERS C-5A VERTICAL STABILIZER
ACTUATOR SUPPORTS
HINGE SUPPORTS

CLIPS ‘
SHIMS . Y '
FASTENER: H /

RIBS (STANDA ., CLOSING, HINGE, ! /

AND ACTUATOR/HINGE) \
CAPS * N

+ BRACES FUNCTIONALLY GENERATED TRUSS -TYPE RIB
CLIPS FROM PARTS DEFINITION ROUTINE
FASTENERS
SKIN PANELS Figure 9-11 Example of an Actual Truss-Type
SKINS
- FASTENERS Rib Compared to one Generated
FASTENERS Functionally by the Parts Definition

Routines

Table 9-4 is a summary of some of the primary structural concepts available in the
parts definition procedure. Note that the selections available in the parts definition
procedure do not always correspond to the selections available in the structural syn-
thesis routines, i.e., the number of spars presently available in the paris definition
routines is two, while any number of spars may be called out in the structural synthe-
sis routines. Provision has been designed into the program for the future addition of
several alternate concepts.

9.1.5 Tip, Leading and Trailing Edge Part Definition. The tip, leading edge, and
trailing edge part definition routines define the detail paris making up the fixed leading
edge, fixed trailing edge, slats, flaps, foreflaps, control surfaces (spoilers, ailerons,
rudder, and eievators), and tips. The data that is generated includes the number of
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Figure 9-12 Integral Skin Stringer Panel Assembly
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Figure 9~13 Individual Integrally Stiffened Skin Panel
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parts, part dimensions, weight, and cost parameters, The parts definition derives its
input from previous geometry and analysis subroutines.

The fixed leading edge segments, as defined by the geometry subprogram, are divided
into a number of 152-cm (60-in. ) sections with one shorter section. If the segment is
152 cm or less, only one section is assumed. The under-slat leading edge is made of
two skins spliced at the nose with an extruded angle (chafing strip), The between~slat
leading edge has a one piece skin: the skin perimeter is assumed equal to 2.5 times the
fixed leading edge chord. The upper skin of the under-slat segment utilizes a factor of

Table 9-3 Summary of the Available Material Forms
and the Corresponding Material Form Index

Material Form

Index Material Form Typical Part References
1 Flat plate Spar webs

11 ;[_L extruded plate Cover panels

21 T extrusion Spar caps

22 T extrusion Spar rails

23 _F extrusion Rib caps, spar hinge/actuator supports,
frames, longerons, intercostals

24 T extrusion Rib and actuator stiffeners

25 L extrusion Doubler stiffeners, miscellaneous
stiffeners

26 + extrusion Rib braces

27 "L extrusion Web stiffeners

44 Flat sheet Shear clips, splice plates, ripstops,
doublers, straps, spar doublers, clips,
shims

81 Aluminum fastener Fastener

82 Titanium fastener Fastener

83 Steel fastener Fastener

1.5 and the lower skin a factor of 1.0, The skin thickness is set at 0,102 cm (0. 040
in,) with the chafing strips and edge member thicknesses set at a 0.152 cm (0,060 in.).
The ribg are spaced at 25,4-cm (10-in. ) increments, and the rib height is assumed to
be 0,85 times the rib chord length, The ribs are made of bent-up 0, 102-cm (0, 040-in, )
sheet with lightening holes. The rib~-to-:kin fasteners are 0.40 cm (5/32-in.) diameter
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rivets spaced at 1.91-cm (0, 75-in,) intervals. The chafing strip rivets are 0.40 cm
(5/32 in.) in diameter spaced at 1.59-cm (0. 625-in) intervals, and the edge member-
to-skin rivets are 0.48 ecm (3/16 in,) in diameter spaced at 3.81 cm (1.5 in.).

The fixed trailing edges for the wings, horizontal stabflizer, and vertical stabilizer,
illustrated in Figure 9-14 , are assumed to be comprised of flat sheet skins and bent-
up sheet ribs. All skins are 0, 08-cm (0. 037-in.) thick and, like the fixed leading edge,
are defined in terms of 152~cm (60~in,) segments. The ribs are spaced at 25.4~cm
(10-4n,) increments and are constructed of bent-up 0,102 cm (0.040-in,) sheet with a
1.85-cm (0. 73-in.) flange on each edge. Lightening holes are spaced at 3.8-cm (1.5~
in.) intervals and have a dlameter of 0.375 times the local chord. The skins attach
along the forward edge and along each rib with 0.40-cm (5/32~in. ) diameter rivets
spaced at four diameters.

Table 9-4 Summary of Structural Concepts Available
Through the Parts Definition Procedure

Primary
Mode Alternate Mode
Spar construction * Built-up web Integral web*
Rib construction Built-up truss Integral truss*
Skin construction Integral skin-str Built-up skin-str*
Frame construction Bufit-up Extruded*
Number of spars Two Input*
Number of ribs Calc Input
Number of lifting surface skins Calc None
Number of fusclage skins Calc Input
Number of frames Calc None
‘Number of frame segments Calc Input
Number of fuselage barrels Calc Input
Spar locations Input None
Rib locations Calc Input
Fuselage longeron spacing Cale Input
Fuselage frame spacing Calc None
Fuselage barrel lengths Cale Input

*Alternate mode to be added at a future date

The spofler, illustrated in Figure 9-15 , is assumed to be comprised of a spar, skins,
honeycomb core, and a wedge shaped skin closure, The parts definition process de-
fines the dimensjons, and the rivet sizes and quantities based on the spoller stress
analysis. The material weight assumes 2.5 cm (1.0 in.) added to the length and width
dimensions of the shect flat pattern, and to all dimensions of the full-depth honeycomb

core, The material weight of the core includes 0.5 kg/m2 0.1 lb/ftz) for adhesive,
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The parts definition for the foreflap (Figure 9-16 ) derives the dimensjons, and the rivet
sizes and quantities from the foreflap stress analysis. The upper, lower, and leading
edge skins have material weights calculated assuming 2.5 cm (1.0 in.) of additional ma-
terial on all sides., The leading edge skin width, or cross-section periphery, is set
equal to 2. 64 times leading edge chord. Foreflap cross-sectional area aft of the spar

is calculated as

Area = (spar height) X (chord length aft of spar) x 0,698

This formula provides the basis for computing the honeycomb core and closing rib
weights, Material weight for the core is based on maximum dimensions plus 2.5 cm
(1.0 in.). Closing rib material weight is based on flat pattern dimensions plus 2,5 cm
(1.0 in.) on each side.

The parts definition process for the flaps, ailerons, rudders, elevators, and slats
(Figure 9-17 ) derives the dimensions, and rivet sizes and quantities from the control
surface stress analysis. The surface skins are assumed to be made in three pieces.
The inboard and outboard skins are assumed to have a length equal to 28% of the sur-
face length and the center 44% of the surface length, The leading edge skin width
(periphery of leading cdge cross section) is calculated from the following:

Inboard skin width, INSWI =K [ 2 (DCSWI) - .28 (DCSWI - DCSWO)

] (. 15)

2
Center skin width, DNSWC = K{ 2 DCSWI) - (Dz CSWI - DCSWO) ](-15)
uthoard ki widih, DNSWO uK [DCSWO +DCSWI - : 72 DCSWI -DCSWOY, 15

where
K =2,98 for slats

=2,57 for other surfaces
DCSWI = inboard chord length of surface
DCSWO =outhoard chord length of surface

Computation of the front spar and hinge rib cap material weight assumes an additional
5.1 cm (2.0 in,) on the extrusion length, Rear spar material weight assumes an addi-
tional 1.27 cm (0.5 in.) on all sides of the flap partorn dimensions. Material weight
for the skins is computed as the actual weight plus 1.27 cm (0,5 in,) of additional ma-
terial on all edges. Of the total skin rivets 32% are assumed to be in each of the in-
board and outboard skins, and 36% in the center skin.

Airload ribs are bent-up sheet metal and material weight is bascd on the flat pattern
dimensions plus an additional 2.5 cm (1,0 in.) in both length and width. Theoretical
and actual rib weights assume lightening holes with diameter cqual to 75% of averago
rib height spaced at 1-1/2 diameters.
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CONTROL SURFACE

WING CyL. >

\r\:_BLJ

e A\ —
D =0.85 (MAX. WING THICKNESS)
C = LESSOR OF B OR D/2
Cy, = LESSOR OF BOR D/2
LOCATION B \ By J
AT FLAP (NO SPOILER) 0.296A | 0.068A
AT FLAP (INBD./OUTED. SPOILER| 0.068A
OF SPOILER) CHORD
AT AILERON 0. 10A 0. 10A
AT RUDDER/ELEVATOR | 0. 104 0. 10A
INBOARD OF AILERON (NO FLAP)
UPPER SKIN

(REMOVED WHERE SPOILER IS PRESENT)

Figure 9-14 Fixed Trailing Edge
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The nose ribs are assumed to be parabolic, Material weight is based on 2,5 cm (1.0
in.) added to the length and width of the flat pattern dimensions. Each rib contains one
lightening hole with a dlamcter equal to 75% of the smaller rib chord length or 84,57 of
rib height. The hinge rib webs are a solid web with no lightening holes. Material
weight is calculated assuming 1,27 em (0.5 in. ) of additional material on all edges.
The honeycomb trailing edge wedge theoretical weight is computed as the theoretical
weight times the honeycomb core factor from the stress analysis routines, Material
weight is computed assuming a honeycomb block with dimensions equalling the largest
web dimensions plus 2.5 cm (1.0 in.) and adhesive weight.

The parts definition process for the tip assumes the geometry and part dimensions
shown in Figure 9-18 . Actual weight for the skin is computed from:

WT =30 (0,032) (TIP CHORD) (DENSITY)

The material weight for all sheet metal parts assumes an additionrl 2,5 cm (1.0 in.) of
material on both the length and the width, All attachments assume a single row of 0.48-
em (3/16-in.) diameter rivets spaced at four diameters,

9.2 FUSELAGE SHELL PART DEFINITION, The structural synthesis routines produce
general fuselage geometry at each control station, Data generated for each statiun in-
cludes barrel perimeter, frame spacing, panel cross-section dimensions, panel stiffener
spacing, etc. The parts definition routines take the output from the fusclage structural
synthesis and derive tho detail parts sufficient to construct the complete basic fuselage
shell structure.

The first step in the parts definition process is to develop the geometry data to a greater
degree of detail. Data output from the structural synthesis for various control stations
are Interpolated to provide data for actual fuselage stations. The following geometry
data are derived:

a. Fuselage frame spacing and frame stations,

b. Fuselage barrel lengths and number of barrels.

c. Barrel perimeters.

d. Complete frame cross-section geometry and perimeters.

e. Framoe segment length and number of segments.

f. Panel width and number of panels around circumference.

g. Complete panel crose- section geometry.

h. Window cutout dimensions

The structural synthesis derives frame spacing at given control stations, This spacing

may vary from station to station, The parts definition places a frame at the first con-
trol station, and frames between the midpoints of adjacent control stations are given
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the spacing of the nearest control station, A frame is placed at the first and last con-
trol station (aircraft nose and tail) only if its perimeter is not zero. Perimeters for
each frame statfon are computed by interpolating between control station perimeters.
The number of frame segments may be input or computed. In the absence of an input
two segments are assumed for a maximum contro! station barrel peirumeter of less
than 1143 cm (450 in.). Otherwise three segments are used,

The fuselage barrel leagth is initially determined by either user input (barrel * wgth

or number of barrels) or by dividing the fuselage into equal barrel lengths. A maxi
mum length of 1006 cm (33 ft.) is allowed. The nose and tail barrels are half the length
of the others., Barrel lengths are then adjusted to fall balfway between frame stations,
Barrel perimeters are computed by interpolating control station perimeters from the
structural synthesis.

The number of panels or panel length ratios may be Input by the nser. roc computa-
tion of skin panel width the fuselage cross section is broken up at nodes into i dividua!
panels. If the entire cross section is one "symmetry group" (all the same construction
and subject to the same structural synthesis geometry constraints), it is broken up into
an even number of panels with a width at the largest control station perimeter of 226
cm (89.1 in.). If more than one "symmetry group' occurs at a given cross section,
panel widths are defined such that only one ""symmetry group' is contained in a given
panel. All cross sections are assumed to have the same number of pane!s (minfmum
of 4 and maximum of 10), and all panel end points are on the same node. .anel lengths
are assumed to be equal to the barrel lengths except for the nose and tail barrels where
the effect of fuselage taper is acaw unted for. The end widtk of cach pancl is computed,
and a mid-height panel on each side of the fuselage is designated for containing windows.
Panel end cross-section dimensions (Figure 9-19 ) and average cross-section dimen -
sions are computed by interpolating between control stations.

The actual parts definition procese is comprised of four steps. First, the complete

skin panel assembly is derived: the corresponding parts are skin, stringers, and rip-
stops. Second, the complete frame assembly is derived, comprised ¢l frame segments,
frame splice angles, shear clips, and shear clip splice plates. Third, the parts nec-
essary to assemble each fuselage barrel section are derived, including internal and ex-
ternal longitudinal skin panel sp'fces, intcrcostals, and intercos<a! clips. And fourth,
the parts required to ass. mble the barrel sections into a complete fuselage : 1!l are
derived: stringer splices, barrel finger splices, barrel strap splices, and splice plat.::.
For each detail part originated, athcoretical weight, an actual weight, and ¢ raw material
purchase weight is computed, Fast<ners ere accounted for as each group of parts is brought
together tn form an assembly,

A typical skin panel assembly is {llustrated in Figure 9-20 . The structural synthasis
routines optimize the shell stvucture at individual contrcl svatfons. This normally
produces different quantities of stringers (or risers) at each statior.. Transport air-

craft always have a conatant numbe:x of fuselage stringers because of the difficulty of
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transferring discontinued stringer loads to adjacent stringers. Therefore, a constant
number of stringers is assumed for a given panel at any station iocation, For cach
panel # maximum number of stringers is determined by dividing the panel width by
the stringer spacing at each end of each barrel. This number is used for that panel at
all fuselage station locations.

Windows are assumed located in the specified mid-height pancls between cach frame
for all but the nose and tail barrel sections, Window cutout dimensions are computed
as follows, Width is assumed equal to 50% of the local frame spacing with a maximum
width of 64 cm (25 In.) specified, Helght is assumed equal to 1,35 times the window
width, The arrangement of a typical window is presented in Figure 9-21 .

The theoretical and actual weights for the integrally stiffened skin panel are computed
using an average panel length, average panel width, and equivalent flat plate thiclkness
averaged for each end of the panel. The material weight can be expressed in terms of
the maximum cross sectional area of the largest end of the panel with an additional
0.25 cm (0.10 in.) of material added on all sides of the cross section to account for
machining.

For skin-stringer skin panels the skins and stringers are considered separately. The
theoretical skin weight is based on the average of the wapered skin thicknesses. Actual
weight is based on a standard sheet gage shown in Table 9-5 , which is equal to or
Table 9-5 Standard Sheet Gages larger than the maximum thickness of a given
panel. Both theoretical and actual weights
cm in, cm in, account for window cutouts. Material weight
0,081 (0. 032) 0.203 (0. 080) assumos a standard sheet gage, and average
0.091 (0., 036) 0.229 (0. 090) panel lengths and widths with an additional
0.102 (0. 040) 0.25¢ (0. 100) 5.1 cm (2,0 in,) of material along all the

0,114 (0.045) 0,318 (0.125) °dses:
0,127 {0,050)  0.406 (0. 160)
0.160 (0.063) 0,483 (0. 190)
0.180 (0.071)  0.635 (0.250)

Theoretical stringer weight assumes a tapered
stringer. Actual weight assumes a constant
section stringer with the dimensions of the

end with the largest cross-sectional area. The material welght for extruded stringecs
utilizes the same cross-sectional area as the actual weight computation, but assumes

an additional 5.1 cm (2.0 in.) of length for cutoff. For sheet metal stringers, the actual
weight is based on a standard sheet gage e ,ual to or larger than the maximum stringer
thickness. The material weight is calculated in the same manner as the actual weight
with an adaitional 2.5 cm (1.0 in.) of flat stock on the width and 5.1 em (2.0 in.) on the

length,

Thick plate skin panels and sandwich panel face shects are assumed to be tapered sheot

or plate. Theoretical and actual weights are based on the tapered material thicknesses.
Material weight assumces the maximum thickness and an additionad 5.1 em (2,0 in,)

added to the panel length and width, The honeycomb core for the sandwich panel is treatod

in a like manner.
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Table 9-6 Rivet Sizes Skin pancl assembly assumes rivet sizes
based on the skin thickness, as shown in

Component . _ Table 9-6 . For integrally stiffened
Thickness Rivet Diameter  panels the panel average skin thickness is
cm in, ' cm in, used to chcose rivet diameter. For skin-

stringer constructions the standard sheet

1 0.318 (0.125) 5age isused. For plate and sandwich con-
0.091 (0, 036)= structions the maximum total skin thick-

b 0.396 (0.156) €SS is used.

0.114 (0, 045) R hin s} al doubl
0.478 (0. 188) ipstops are t sheet met oubler

0.318 (0.125) straps (often made of titanium) that lie on
) ) 1 0.635 (0.250) the skin under each frome. Their purpose
0.381 (0. 150)— is to stop fuselage skin fatigue cracks from

l 0.792  (0.312) growing. They are assumed to have the
) same thickness as the skin and a length

I 0.953  (0.375) equal to the panel width, Ripstop width is

determined by fastener spacing and edge
distance requirements. Ripstop-to-skin
rivets consist of three rows, as shown in Figure 9-20 , spaced at four diameters. The
fourth row is supplied by the frame shear clip-to-skin rivets calleu out in the frame
parts definition analysis, Stringer-to-skin rivets are placed in one or two rows as
depicted in Figure 9-20 . Rivets are spaced at four diameters pitch,

0.508 (0. 200)

A typical frame assembly is illustrated in Figure 9-22 . The frame cress-sertional
area is computed using loads and materials property data from the structural synthesis
routines. An expression for the frame cross-sectional area is as follows (Referencc 1),

cg*p? *m |12
K4*Ep*L
where
D = Shell diameter (use body width)
M = Fuselage bending moment (use maximum value from structural
synthesis)
L = Frame spacing (from parts definition geometry computations)
Ct =Coeificient (use 0,0000625 from Ref. 1)
K4 = Shape parameter (use 5.4 from Ref. 1)
Er = Frame modulus of elasticity (from structural synthesis)

The computed frame area is used to derive the frame dimensions by an iterative tech-
nique. Frame height and flange width dimensions are sized based on fastener spacing
and edge distance requirements (Figure 9-22 ) with a minimum frame thickness of 0,102
cm (0,040 in,) specified. The computed (or minimum) frame thickness is used to de-
termine theoretical weight, while a standard gage equal (o or greater than the computed
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Figure 9-20 Skin Pancl Assembly
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frame thickness is used to determine actual weight. The material weight computation
assumes a standard gage with 5.1 cm (2.0 in.) of additional width and a length equal to
the frame segment length plus 10.2 em 4.9 in.).

It is assumed that there are two shear clips per frame segment, which attach the frames
to the skiu. The long shear clip is equal to the frame segment length minus the length
of two stringer spacings. The short shear clip spans the frame splices, and is two
stringer spacings long. Shear clip cutouts for siringers are derived on the basis of

the largest computed value for stringer height and width., Thiclmess is assumed to be
equal to the frame thickness, Theoretical and actual weights are computed in the same
manner as for frames; material weight is computed assuming a standard gage and 2.5
cm (1.0 in.) of additional width and 5.1 cm (2.0 in,) of additional length.

Shear clips are spliced together with a shear clip splice plate (Figure 9-21 ) that is
assumed to have the same thickness as the shear clip. The length and width are sized
for picking up a single row of four rivets. Two frame splice angles (Figure 9-21 ) are
assumed for each frame segment splice. These angles nest inside the frame at the
splice and are assumed to be the same thickness as the frame. The length of the angles
is made equal to a stringer spacing plus a stringer width.

Frame thickness is used to size all the fasteners required in the frame assembly (Table
9-6 ). Onme row of fasteners is assumed through the shear clips into the frames, and
two fasteners are assvmed to attach each stringer to a frame., A single row of fasten-
ers from the skin through the shear clip is assumed. Typical fastener spacing has been
defined as four diameters.

The detail parts required to splice the skin panel and frame assemblics into a barrel
section include Internal and external longitudinal panel splices, frame stabilizing
intercostals, and intercostal clips. The assembly is fllustrated in Figure 9-23 .

The external panel splice is a flat plate splice running the length of the skin panel
(which is equal to the length of the barrel), The width is 10 fastener diameters and
the thickness i3 set equal to the skin thickness. Theoretical anJ uctual weights are
assumed to be equal. Material weight is computed assuming 1.3 cm (0.5 in,) of addi-
tional width and 10.2 cm (4.0 in.) of additional length,

The internal panel splice is scalloped with fingers, but is synthesized as a straight-
edged plate with an equivalent width of 26 skin fastener diameters. The actual weight
is assumed equal to the theoretical weight, which is based on a standard sheet gage
equaling or exceeding 40% of the skin thickness, Material weight assumes 10.2 cm

(4.0 in.) of additional length and 5.1 cm (2.0 in.) of additional width, The internal
splice is assumed to be attached to the skin with the equivalent of four rows of fasteners
spaced at four diameters., The two middle rows also pick up the external splicc on the
skin exterior,
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Intercostals are extruded I-sections located in every other frame bay between stringers
and spaced five stringers apart. Their length is equal to the frame spacing minus a
clearance of 1.0 cm (0.4 in.}. Height of the ltercostal seetion is assumed to be 40%
of the intercostal height. Theoretical and actual weights are based on a thickness equal
to the maximum fuselage skin thickness. Material weight is computed assuming the
same cross-sectional area and an additional 5.1 cm (2.0 in.) of length. Intercostal to
skin fastencrs are assumed to be comprised of two rows of skin fasteners spaced at
four diameters.

Two extruded tee clips attach each it ercostal to frames. The length of each extruded
clip is such that it fits between the intercostal flanges (Figure 9-23 ) with a total clear-
ance of 0,38 em (0.15 in.). The height of the clip measured from the frame toward

the intercostal is set equal to the length., The flange against the frame has a width

equal to eight fastener diameters, Thickness is assumed equal to the intercostal thick-
ness for all weight computations. Interonstal clips are attached using ! .me fasteners,
six through the frame and four through the intercostal.

The detail parts required to splice the barrel scctions into a complete fuselage section
irclude stringer splices, barrel finger splices, barrel strap splices, and splice plates.
The assembly is illustrated in Figure 9-24 . The stringer splice cross scctions are
shown in Figure 9-25.

9.3 FUSELAGE PENALTY ANALYSIS, The treatment of fuselage penalty items
encompasses windows, doors (landing gear and side loading) and floors, The analysis
is comprised of a statistically based actual weight computation and a unitized manufacturing,
cost computation. The valucs derived for fuselage penalty weights and costs are added
to those of the basic fuselage shell (which are determined from a structural synthesis/
parts definition analysis) to obtain tota fuselage data.

Window weights are computed as a function of the total glass area required for the
specified number of windows, Individual window area is computed from the assumed
window geometry illustrated in Figure 9-21 ., Windows are assumed located between
each frame for all but the nose and tail harrel sections, and hence, the number of
windows is equal to twice the number of frames In those barrel sections minus two,
Following is the equation used to compute the total window weight penalty (Reference 2 ).

WNDWWT =10,0* AGL

where
WNDWWT = Window weight and AGL = Total glass area

Doors are assumed to include nose and main landing gear doors, and side loading cargo
and passenger doors, Nose landing gear door weight is computed as a function of the
moximum dynamic pressure and the total door area. Main landing gear weight and side
loading door weight are ¢ mputed as a function of the total door area alone. The follow-
ing equations are uscd for the weight computaiions (Reference 2 ),
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NLGWT = ,44 * QMAX ** 3 * SND

MLGWT = 3,223 * SMD ** 1,125
SLDWT = 9,0*8DA

where
NLGWT = Nose landing gear door weight
QMAX = Maxdmum dynamic pressure
SND = Nose landing gear door area
MLGWT = Main landing gear door weight
SMD = Main landing gear door area
SLDWT =  Side loading door weight
SDA = Side loading door area

The weight of floors and floor supports is computed as a function of the ultimate flight
design load factor, a design floor loading, and the floor urca. The equation is as
follows (Reference 2 ),

FLRWT = 6,51 * (NZ *WF * AF/1000) **, 924
where

FLRWT = Floor and floor support weight

NZ =  Ultimate flight design load factor

WF = Design floor loading at 1.0 g

AF = Floor area

The floor and window areas can be computed from the fusclage shell geometry. Values
for the maximum dynamic pressure and the ultimate load factor are brought across

from the vehicle synthesis portion of the program, T!ic user may input values for the
design floor loading, and the nose gear, main gear, and side loading door areas. In the
absence of an input, typical values for a passenger transport type of aircraft are utilized.
The values are: design floor loading, 3591 N/m?2 (751b/ft2); nose gear door area, 1,4m?2
(125 ft2): main gear door area, 7.4m2(80 ft2), and side loading door area, 139 m2 (1500
ft<).

The manufacturing cost portion of the analysis is based on an averagoe unit cost, The
user may input a value, or in tue absence of aninput, a valueof $176/kg ($80/1b) is
assumed. The cost is derived by multiplying the weight previously computed by the
appropriate average unit cost,
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SECTION 10

COST ANALYSIS

The cost analysis encompasses the manufacturing cost, material cost, engineering cost,
tooling cost, total vehicle program cost, direct operating cost and airline return-on-in-
vestment. Manufacturing cost is determined as a function of the actual shop processus
necessary to produce each part. From this the correspondig number of labor hours
that are required can be computed, and hence, the manufacturing cost, Au alternate
method using cost estimating relationships is also provided.

Material cost is dertved on the basis ~f the amowunt of raw material stock purchased,
material type and form, and varjous extra cost items such as special lengths, widths,
and toleraices. The detail material cost model is not used in the alternate mode since
this data I8 included in the cost estimating relationship.

Engineering costs are derived on the basis of equations originally developed by G. €.
Levenson and J, M, Barro In Reference 1 . Both initial and sustaining engineering
costs are represented,

Tooling cost is dérived on the basis of the number of dissimilar parts to be produced,
and hence, the total number of tools required. Basic tooling, rate tooling and sustaining
tooling costs are represented.

Totul vehicle progiram costs are derived using primarily the cost estimating relationships
developed by R, E. Kenyon in Reference 2, A learning curve approach is applied to ad-
just first unit cost to those of subsequent units.

A return-on-lavestment analysis utilizes computed aircraft performance parameters
and the 1967 Air Transport Association formula to derive direct operating costs. In-
direct operating costs and return-on-investment are derived on the basis of an input
traffic route structure. All cost data are computed relative to a specified dollar ref-
erence year. Actual cost estimation methodology is discussed in detail in the follow-

ing sections,
10.1 AIRFRAME MANUFACTURING COST (PROCESSES, STANDARD HOURS, AND
RATES)

10.1,1 First Unit Manufacturing Cost. The technique being usod to estimate first
unit manufacturing costs basically is as follows. A breakdown of major vehicle com-
ponents into their detafl parts i8 accomplished through the use of vehicle synthesis,
structural ~ynthesis, and part definition operations. The actual manufacturing cost
analysis is based on calculating the material, and direct and indirect labor costs asso-
ciated with the fabrication and assembly of each detail part. For each part, in turn,

a record of manufacturing and assembly operations required to produce that part and
integrate it into the vehicle structure is established. For each operation specified tho
number of direct or actual labor hours required to perform the operation is derived,

10-1
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and based on this, material costs are calculated. Figure 10-1 summarizes the steps
necessary in determining the manufacturing cost from the detail part level.

PART MANUFACTURING  STANDARD LABOR LABOR
DEFINITION  OPERATION HOUR HOUR cost
PROCESS  CALLOUT CALCULATION  CALCULATION ~ CALC_LATION
1 17 1\ 1
LABOR RATE

REALIZATION OF SHEAR
FOR SHEARING  OPERATOR

p 1
SHEAR TO SIZE —® STANDARD LABOR LABO.,
BURR ' NOURS FOR HOURS FOR COsT FOR
DETAIL ROUT SHEARING SHEARING SHEARING LABOR COST
PARY i :‘U::" ’ OF DETAIL PART
CLEAN
OVERMEAD RATIO
L -
4 OVERHEAD COSY
ASCOCIATED WITH B
LABOR COST DETAIL PART P FACTORY (0ST :2;:'2.""“
OF DETAIL PART l > }
OF DETAIL PART COST OF
MATERIAL =~ DETAIL PARY
CosY

Figure 10~1 Cost Analysis Sequence Baued at the Detail Part Level

The derivation of direct and indirect costs associated with the manufacture of erch
detall part involves the determinatjon of the number of actual labor hcurs required for
-sach production nmcess, and the corrusponding labor rates, The computation of actual
labor hours {s - .:-. = I'hed by multiplying a computed number of shop standard hours
(discussed in .7 1. following gection) by a shop efficiency (the so-called realization)
factor. Labor cuats then, are simply the actual labor hours multiplied by a represen-
tative labor rate, Overhead costs are computed by multiplying the direct labor costs

by an overhead ratio that is derived from accounting practice, Eca-h of these compu-
tations is discussod in detail inthe following scctions. The equations are:

LABHR = STDHR/REFCT

LACOST = LABIIR * LARATE

VCOST = VRATE * LABHR * LARATE
when.

LABHR = actual labor hours

STDHR = standard hours

REFCT = realizativa (efficiency) factor

LACOST = dfrect labor cost

LARATE = labor rate

VUOST = findirect overhead cost

VRATE = overhead ratio
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10.1.2 Manufacture and Assembly Prucesses. The parts definition routines were
designed to provide an accounting of the detail parts required to produce a compicte
airframe, Each detail part is looked at individually and analyzed in terms of the manu-
facturing and assembly processes associated with it. In order for this analysis to be
performed it was necessary to e able fo internally account for each of the required
shop processes.

To develop the process lists associated with each part, a library of shop planning
records was established from existing production articles. These documents were
studied and used to identify the typical processes associated with each part. A method
was developed to internally relate each part to its corresponding list of processes. It
was the intent to provide a means of internally generating the equivalent of a shop plan-
ning order. A representative example of such an order is presented in Figure 10-2 ,
It is from this type of document that the specific planning for the producticn of wu in-
dividual part can be implemented,

Currently, cqa.tions for a total of 33 manufacturing and assembly operations are
represented within the program, It is the purpose of these equations to compute a

value for the number of standard hours necessary to perform the specified tasks,

While the equations for each of the operations are strictly validonly for the specified
process, a reasonable number of standard hours may be obtained by applying the equa-
tions to related processes. Provision has been made in the program for the future addi-
tion of any new —rocesses that might be needed to account for new production processes.

As ez hde*adl purt, subassembly, and assembly is considered during the part definition
portion of he program, a part index (KK) is assigned. This index is associated with a
nrogram block that calls, in turn, each of the applicable standard how equations for the
part. For example, a wir g rib brace is given the part index KK =26, which is used tc
direct the program to the operations required to manufacture the brace, The operations
specified might include the following depending on the structural mode:

SAWING: saw the raw material stock to size
BURRING: deburr the sized brace

DRILLING: drill the required holes

CLEANING: clean and degrease the finished brace
SURFACE TREATMTNTS: perfor:n required surface trecatments
PAINTING: primer and paint finished part
IDENTIFY: mark with identifying part nuraber
INSPECTION: inspect finished part

A value for standard hours is computed for each of these, and the sum is the total num-
wer of standard hours that manufacturing of this particular rib brace would he expected
tu require.

10.1,3 Standard Hours, Standard hours are, as the name implies, a standard time,
measured in hours, which represents an optimum for the time requived to perform a
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given task, They are the number of hours it would take for a normal person to do a
normal job under normal conditions. They do not include allowances for fatigue, per-
sonal nceds, rest breaks, machine adjustments or tool breakage, close tolerance work,
ete, Thus, the standard hours are an idealized time scale against which actual time
may be compared,

Standard hours are used industry-wide for estimating purposes. They are established
by industrial enginecring departments through the analysis of time and motfon studies
carried out for standard shop operations and procedures. They are used by industrial
engineering departments to estimate the time required to perform production tasks,

and by accounting departments to measure performance through comparison with actual
times. By being able to estimate an optimum time in standard hours and then measuring
a corresponding real or actual time, relative efficiency factors (or realization factors)
can be established for various shop processes and tasks,

Included as a part of the shop planning order (Figure 10-2 ) is an estimate for the num-
ber of standard hours corresponding to each shop operation. The program, following a
parallel logic, was designed with a capability to generate a number of standard hours
corresponding to each of the internally generated shep processes. This is accomplished
by a series of standard hour equations derived based on standards data acquired through
the industrial engincering department,

An example of the initial form of a typical set of stundards data is chown in Table 10-1 .
The data presented is in table form and represents the standards for a HUFFORD A-12
extrusion stretch forming press, Convair machine code 8030, In this carce the total
standard hours are made up of two basic ilems, machine sectup time (one increment per
job or per die change), and machine run time (one increment per part for porforming
and one for finish forming). The run time increments are a function of the cverall part
length,

The development of the standard hour equations involved acquiring the general standards
data and deriving an equation for each manufacturing operation based on the character-
istic process and part parameters. For the example standards data (Table 10-1 ) a
general equation would take the form:

NTDHR= 0,52 + N *(f; (L) +f5 (L)) (hours)

whore
0. 52 represents tho setup time (constant per job)
N reopreseonts the total number of parts to be produced
f1(L) represents preform dme as a function of part Jength

f5(L) represents finish form time as a function of part length

-5



Lable 10-1 Example of Standards Data for Stretch Forming Press
as Used by the Industrial Engineering Department

PRESS, EXTRUSION STRETCH FORM

SETUP- 0.52 (ONCE PER DIE CAANGE) MACHINE CODE: 8030

PREFORM

LENGTH cm 0-38 39-76 17-114 115-152 153-191 192 .229 230-267
(in.) | (0-15) (16-30) (31-45) (46-60) (61-75) (76-90) (91-108)

STD, Hk 0. 0255 0,0285 0.0315 0.0345 0.037% 0.0405 0.0435

LENGTH ¢m 268-305 306-343 344.381 382-419 420457 458-495 496-533

un,) | (106-120) (121-135) (136-150) | (151.165) (166-180) (181-185) (196-210)

STD. HR 0 0465 0. 0495 0.0525 [ 0.0555 0.0585 0.0615 0.0645

FINISH FORM

LENGTH ¢m 0-38 39-7€ 77-114 115.182 183.191 192.229 230-267
(n.y | (0-15) (16-30) (31-45) (46-60) (61-75) (76-90) (91-108)

STD. HR 0.0595 0,0625 0.0655 0.0685 0,0715 0.0745 9.0775

LENGTH cm 268-305 306-343 344 -381 382-419 420-457 458-495 496-533
(ny | (106-120) (121-139) (136.150) ¢151.1685) (166 -180) (181-195) (196-210)
STD.HR 0.0805 0.0835 0.0865 l 0, 0895 0.0923 l 0,0955 0,0985

NOTE: LENGTH IN INCHIS Is BASED UPON THE BILL OF MATERIAL LENGTH (t PART.
ALL VALUES INCLUDE STOCK ALLOWANCE FCR VISE JAWS

The functiow of length (L) and fo(L) are determined by curve fitting the data in the
standards table, In this case a linear curve fit is sufficient and the functions resuiting
are:

f; (L) =0.0002 * L + 0, 058
fo (L) =0.0002 * L + 0, 024

The resulting standard hour equation for this particular press forming operation then
simplifies to:

STDHR = 0.52 + N * (0.0004 *L -0.082)

A summary of the man'facturing and assembly operatiocs currently represented by
equations in the program is presented in Table 10-2

The standards data are usually derived for aluminum only, To apply the data to addi-
tional materials, material complexity factors are utilized. The material conir’exity
factors account for the difference in monufiucturing time requirements for performing
identical tasks or operutions on different materials., These tuctors are typica'ly re-
quired only for those manufacturing operations associated with » erial removal such
as drilling, milling, routing, burring, and cutting,
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Table 10-2 Library of Manufacturing and Assembly Operations Currently Available

Boron epoxy layup

Boron epoxy quality coatrol
Clamping

Cleaning, degreasing

Cleanup (of holes after drilling)
Disassembly (removing clamps for cleaning)
Drilling (general)

Drilling for assembly

Edge bumag

Edge routing

Graphite epoxy fayup

Graphite epuxy quality control
Heat treatment a2nd straightening
Ideatification

Inspection (general)

Inspection for assembly

Layout part (sheet)

Layout holes (sheer)

Layout part (machine shop)
Layout holes (machine shop)
Milling (chenucal)

Milling (general)

Press forming
Reaming o tapping
Sawing, cutting
Securing

Setup for assembly
Shearing

Spray painting
Swuretch forming
Surface treatment
Turning (lathe)

Welding, brazing

Operations that usually do not require complexity factors arc cleaning, layout, identifi-
cation, painting, etc. Standard hours for operations performed on steel, titanium, and
boron-aluminum are derived in the program using the material complexity factor ap-
proach, Table 10-3 summarizcs the values for the factors and the processes for which
they arc applied. Aluminum represents the baseline of 1. 0.

Table 10-3 Summary of Material Com-
plexity Factors Applied in the
Computation of Standard Hours

Analyses of fabrication processes with
advanced composites are handlec by
assuming three material forms, These
are boron-epoxy and graphite-epoxy
layups from prepreg tape, and boron-

Steel Titamium  Boron-Aluminum

Burring 3.8 5.0 6.0 aluminum sheet stock. In general, the

Drilling 3.8 5.9 1.2 advanced composite configurations are

Forming 3.8 8.0 10.0 assumed to be comprised of the same

Miling 3.8 .2 1.26 detail part.:s, performing the same struc-
o L tural function, as the equivalent metallic

Reaming 3.8 . . configuration.

Routinp 3.8 6.0 6.0

Sawing 3.8 1.1 1.5 Boron-epoxy and graphite-epoxy parts

1.5 are assumed to be layed up to finished
form and cured, then bonded into final
assembly form. Layup times are com-
puted on the basis of actual hours per
unit part weight and per unit part size for boron-epoxy, and on tne basis of actual hours
per unit part weight for graphite-epoxy. Quality control hours u = ing layup and cure
are computed based on hours per unit part size for boron-epoxy, ‘wnd hours per urit
part weignt for graphite~epoxy. A realization factor of 1.0 is associated with com-
posite fabrication processes.

Shearing 3.8 L1
Tuming 3.8 4.2 1.26
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A study was made of current data related to advanced composite fabrication operations,
As a result of this study it was found that a thorough treatment of each operation in the
layup and cure sequence v'ould not be useful. This results from the very limited de-
gree of breakdown of the data that is available, and the fact that much of the data corre~
sponds to the fabrication of only a few actual parts, many of which are relatively sim-
ple and physically small. In other words, the data that is presently available is not
really representative of a production situation involving actual aircraft components,

and is, for the time being, treated in a more simplified manner,

The actual hour computation procedure that is in use for boron-epoxy and graphite-
epoxy assumes t.at the sequence of processes can be combined into two, layup anc
quality control, These are treated on the basis of hours pcr unit size an-' weight,
Expressions for actual hours are:

(4.18 * FFF * ACWT * CAREA) ** .5 boron-epoxy layup

« 220 * CAREA boron-epoxy quality control
9,6 * ACWT graphite-epoxy layup

1.2 * ACWT graphite-epoxy quality control

where
FFF is a factor corresponding to part configuration

ACWT is the part actual weight
CAREA is the characteristics part area

Boron-aluminum 18 assumed to he in the form of sheet stock. Standard hours are
computed using the ordinary equations times a material complexity factor. These
factors were summarized in Table 10-3 .

10.1.4 _Rate Data: Labor, Overhead, and Realization. In the program standard
hours are computed as an intermediate step in the process of deriving actual labor
hours, T'he conversion is accomplished by muking use of the realization factor, a
measured value representing shop efficiency as discussed below. The equatfons for
actual labor hours take the following form:

Actual Labor Hours - Standard Hours/Realization
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Labor and overhead rates are used in the program to calculate labor and overhead
costs, based on the number of actual labor hours required for each manufacturing

and assembly process. Labor rates reflect the wages paid directly to the individual
employees for each hour of clock time, The rates do not include fringe benefits or
company contributions to retirement, social security, state une:zployment, etc.,
which are considered part of the overhead cost., Also included as part of overhead are
indirect labor costs, maintenance, supplies, taxes, insurance, depreciation, etc.

Labor rates are largely uncontrollable by management, being a function instead of
union/management agreements and reflecting current labor supply and demand, gen-
eral economic conditions, and inflation, Labor rates are a function of time and are

readily predictable for the near future.

The overhead ratio is the ratio of overhead cosis to direct labor costs. It is established
based on historical accounting records, and is, in turn, often used by estimating depart-
ments, In the program, the overhead ratio is used to determine the overhead costs
corresponding to the calculated labor costs where:

Overhead Cost = Labor Cost * Overhead Ratio
Realization is a measure of shop efficiency, and as such, it varies from department to
department and from day to day within a department. Realization data for the various
departments involved in production tasks at the San Diego operation has been collected,

studied, and adapted for use with the program. Realizations can be specified either as
a constant average value or as a time dependent equation, Some of the factors affecting

realizaiion are:
a, Worker personal needs.
b, Reut periods.

¢. Inaccurate planning of the task,

d. Change in procedure, machines, or tools without corresponding change in manhour
estimates,

e. Machine breakdown,

f. Tool breakage and part spoilage,

g. Avalilability of previous setups.

h. Use of special supervision.

i. Ability and effort levei of individuals assigned the task.
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Labor and overhead costs are computed directly for the first unit. A learning curve
approach is applied to first unit costs to derive the cost of any subsequent unit or pro-
duction lot, Labor (and overhead) costs are generated at the detail part level. For
each manufacturing or assembly process specified for a given part, a value for standard
hours, actual labor hours, labor cost, and overhead cost is computed. These are sum~
med to obtain total costs for a given part, subassembly, assembly, etc.

Manufacturing and assembly processes have been divided into three groups: basic
factory, quality control, and assembly, For each there is avaisble in the program

a corresponding labor rate that is computed from a base value as a function of time.
Also available in the same manner are values for overhead ratio and realization factor.

For each, average industry values for 1970 are used as the base. Rate data for any
year is compited by assuming a constant fractional annual rate of change. Any of the
internal values for rate or annual rate of change may be overridder by direct input.
In the absence of an input, values are computed. A summary of the .-ate data internal
to the program is presented in Table 10-4 .

Table 10-4 Summary of Internal Program Rate Data

Rate Data Annual Rate of Change
Description Fortran Fortran

1970 Base Year Name Value Name Value
Factory Labor Rate ($/hr) FRATE 3. 64 CLAR 0. 055
Quality Control Labor Rate ($/hr) QRATE 4. 06 CL AR 0. 055
Assembly Labor Rate (S/hr) ARATE 3.48 CLAR 0, 055
Overhead Ratio VRATE 1,80 COVR 0. 02
Realization Factor REFCT 0.15 CRE 0.01

10.1.,5 Material Cost.  Material costs are computed based on the material type
(aluminum, steel, etc.), material form (sheet, plate, bar, ctc.), and the raw material
purchase weight, The actual calculation of material cost takes the form:

MATCOS = AMUV * COSWT * MAWT

where
MATCOS is the material cost

AMUV is the manufacturing usage variance factor explained below
COSWT is the material unit cost
MAWT {s the row material purchase weight
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The computation of material costs requires the derivation of a materfal unit cost and
the definition of 2 manufacturing usage variance factor, The computation of the material
purchase weizht 1 done during the weight analysis portion of the program.

The material unit cost i{s, in general, « function of the material type, form, quantity
of material bought, and special feature requirements such as special lengths, widths,
thicknesses, alloys, tempers, tolerances, and marking., Computation of the material
unit cost can be summarized as follows: a base price is computed as a function of
material type and torm; the base price is adjusted to account for the quantity buy p
differential; the prices of appropriate special feature extra cost items are computed
and summed to derive a total special feature penalty cost; a total material unit cost

is determined by summing the adjusted base price and the special feature penalty co-.c;
and finally, the resultant value for material unit cost is adjusted, if necessary, to
correspond to dollars for the specified reference year,

Material type i8 specified by input of a value for MATLID, which represents the compo-
nent structural material, The materials currently available in the program are:

MATLID = 1 Aluminum MATLID = 4 Boron-Epoxy
MATLID = 2 Steel MATLID = 5 Boron-Aluminum
MATLID = 3 Titanium MATLID = 6 Graphite~-Epoxy

Materijal form is specified by defining a value for KEY in the parts definition subroutines,
Each detail part is assumed manufactured from and is thus associated with one of the
following material forms:

KEY = 1 FASTENER
2 HONEYCOMB
' 3 FOIL, SHEET, PLATE

4 WIRE, ROD, BAR

5 EXTRUSION
For a given material type and form, a value for the total quantity of material purchased
{8 computed by summing the values for raw material purchase weight for each detail
part. A system of arrays is defined to categorize materials by type, form, and stock
dimensions, The value derived for material weight for each detail part is added to one
of the array elements as it is computed. After material purchase weights have been
computed for all detail parts, the system of arrays is multiplied by the number of ship~

sets to be produced. By this means a total cuantity of required material is available
for computing material costs as a function of quantity bought.
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By specifying the material type the program is directed to one of two fundamental areas
of material cost computation. The first encompasses the metallic materials aluminum,
steel, and titanfjum, and the sccond encompasses the advanced composites boron~-epoxy,
boron-aluminum, and graphite-epoxy. The primary difference in methodologies re-
flected by the two areas is due to the assumptions made with respect to material form.
For the metallics a material form is specified bythe parts prediction routines, and the
unit material costs are computed as a function of the form. For the advanced composites
a material form is assumed, and all parts are considered to be fabricated of the assumed
material form. The assumed material forms are 7.62-cm (3-in.) wide prepreg tape for
boron-epoxy and graphite-epoxy, and cured sheet for boron=aluminum,

Unit costs for metallic materials are computed as a function of both material type

and form, Price data for various materials and material forms were collected and
curve fit as a function of nominal material stock sizes. Table 10-5 illustrates a typ-
ical b:..se price schedule for alloy steel plate between 0, 635 cm (0. 25 in.) and 15, 24 cm
(6. 0 in, ) thick, The resulting equation for this particular material is:

Table 10-5 Part of Typical Material PBASE = 0.006 * THK + 0,439
Price Schedule for Alloy
Steel Plate (1970 Data)

E4340, AMS-6359

where
PBASE is the unit base price

THK is the material thickness

Thickness Hot Rolled Annealed
(cm)  (n.)  ($/100 kg) (8/1001b) . oy pecifying MATLID =2, KEY =3,
0.635 (0.250) 99,00 (45.00) and THK cqual to some characteristic
0.953 (0.375) 97.68 (44.40) or computed thickness, the program cal-
1,270 (0.500) 97.13 (44.15) culates a unit base price for the required
1,588 (0.625) 97.35 (44.25) size of alloy steel plate, In a similar
1,905 (0.750) 97.02 (44,10 manner, equations were devived to pro-
2,540 (1,000) 96.69 (43,95) vide a means of computing base nrice
3,175 (1.250) 96,80 (44,00) data for the various forms of aluminum,
3.810 (1.500) 96,80 (44,00) steel, and titanium.
4,445 (1,750) 98,01 (44.595)
5.080 (2.000) 98.01 (44.55) For some combinations of material type
5,715 (2.250) 104,28 (47.40) and form, such as titanium extrusions,
6.350 (2.500)  104.28 (47.40) specific price data was not available,
6.985 (2.750) 104.28 (47,40) For these cases a characteristic ma-
7,620 (3,000) 104.28 (47.40) terial base price was established, as
8.890 (3.500) 104,28 (47.40) MBASE = 8,50 for titanium. The speci-
10,160 (4,000) 104,28 (47.40) fied material was then analyzed in terms
11.430 (4.500) 104.28  (47,40) of the equivalent aluminum material
15,240 (6.000) 104.28 (47,40 form (aluminum extrusions), and the re-

sulting value 7 PBASE derived for the
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, equivalent aluminum form was raticed
Table 10~6 Summary of Values for the using an aluminum base price (ALBASE

Characteristic Material = (, 80) and the specified material base
Base Price Currently in price (MBASE), Table 10~6 is a sum-~
Use in the Program mary of the values of MBASE currently

being used in the program. Table 10-7

Aluminum ALBASE = 0,80 is a summary of the material type and
forms currently avail

Titanium SE = 8.50 y availahle in the program.
A price differentia! based on the quantity

Alloy steel MBASE = 0,40 of material purchased is cor-puted and

Table 10-7 Summary of Material Type and Forms Currently
Available in the COSTMA Subroutine

Al Steel T

KEY = 1 fastener ® o )
2 honeycomb ° o o
3 foil, sheet, plate ® ) )
4 wire, rod, bar ' e ®
5 extrusion ) o o
6 tubing
7 foret To be added at a

orging future date

8 casting

o direct material price data available

o ratioed material price data available

used (o adjust the unit base price, Equations defining the price differential were de-
rived by curve fitting quantity purchased versus unit cost data, An example of data
typical of the type utilized is presented in Table 10-8 .

A cost penalty is determined for required extra cost special features. Equations for
eachof the typical extra co.’ items havebeen generated from material vendor pricing
handbooks. These cquations include costs for protective coatings, identification,
mechanical testing, packing, shipping, etc. (Table 10-9 ). The cost penaity is added
to the adjusted material wnit cost to provide a total material unit cost,
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Table 10-8 Example of the Quantity Buy Price Differential for Aluminum Plate

Quantity per Item Extra
kg b $/kg ($1b)
13,636 and over (30,000 and over" Base (Base)
13,635 - 9,091 (29,999 - 20,000) 0. 022 (0. 010)
9,090 - 4,545 (19,999 - 10,000) 0. 044 (0. 020)
4,544 - 3,636 (9,999 - 8,000 0. 110 (0. 050)
3,635 - 1,818 (7,999 - 4,000) 0. 154 (0. 070)
1,817 - 1,364 (3,999 - 3,000) 0,275 (0. 125)
1,363 - 909 (2,999 - 2,000) 0. 627 (0. 285)
908 - 682 (1,999 - 1,500 0. 990 (0. 450)
681 - 455 (1,499 - 1,000) 1. 705 (0, 775)

Table 10-9 Summary of Extra Cost Items
Avaflable for Aluminum Plate

PRICING CHECK LIST

The following General Fxiras apply to sheet and plate products.

PLATE
ACTUAL PIECE COUNT PACKING
ALLOYS AND SPECIAL tXTRAS PACKING PER MIL-STD 649-
CIRCLES SHEET AND PLATE
CONVERSION COATINGS PROTECTIVE TAPE
EXACT QUANTITY QUANTITY
IDENTIFICATION MARKING -STANDARD TEST MATERIAL SAMPLES
IDENTIFICATION MARKING-SPECIAL TOLERANCES
INTERLEAVING AND OILING DIAMETER
LENGTHS, LONG FLATNESS
LENGTHS, SHORT LENGTH
MACHINFD SURFACE (TWO SIDES) ThICKNESS
MECHANICAL TESTING WIDTH

ULTRASONIC INSPEC TION

Material unit costs for advanced composites are computed directly as a function of the
reference year for boron-epoxy and boron-aluminum and as a combined function of the
average single-ply thickness and reference year for graphite-epoxy. The equations
were derived by curve-fitting actual and projected cost data acquired from the Convair
Advanced Composites Laboratory and from typical material vendors. The equations
are:
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P =225 - 16,5 * (YR - 70) Boron-Epoxy
P =425 - 22,5 * (YR ~ 70) Boron-Aluminum
P =115/(PLYT - 1,111) - 9.3 * (YR - 70) + 89 Graphite-Epoxy
where
P is the material unit cost
YR is the dollar reference year
PLYT is the average single-ply thickness
A ;:lot of material cost versus year for boron-epoxy and boron-aluminum is presentec

in Figure 10-3 . Graphite-epoxy costs versus year for virious single-ply thicknesses
are presented in Figure 10-4 .,

The value for average single-ply thickness (PLYT) is computed from material thick-
ness, A range of from 0,013 to 0. 051 c¢cm (5 to 20 mils) is allowed. I the computed
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value is outside this range, a veiue of 0,013 cm (5 mils) is set. A minimum value tor
each of the material urit costs has also been fixed. The unit costs, which override
smaller computed values, are: $110/kg (8501b), boron-epexy; $220/kg ($100/1b),
boron-aluminum; and $22/kg ($10/1b), graphite-epoxy. It was determined that these
were thc rainimum material prices that would be achieved in the forese .able future.

A price differential based on the total material quentity purchased was established as
follows: a 10% penalty was added to the unit cost for purchases of 4545 to 45,455 kg
(10,000 to 100, 000 1b), 20% for purchaces of 455 to 4545 kg (1,000 to 10,000 Ib), 10%
for purchases of 45 to 455 kg (100 to 1,000 1b), a’ d £0% for purchases of less than

45 kg (100 1b),

While the unit material cost for advanced composites is computed as a function of the
dollar reference year directly, the unit cost for metallics must be adjustec to the
seference year. An adjustment is made assuming a constunt annuil rate of inflation.
A value for the annual rate of inflation of material costs may be input Qirectly

by the user; in the abscrice of an input a nominal value of 0, 03 is assumed.
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The manufacturing usage variance factor (AMUV) s the ratio of the actud nmount of matortd pur-
chased to he sumof the engineerving netbill of materials plus the planning allowances toxr manu-
facturing, The factor ts, ingeneral, a function of matevial type (particularly {n the

case of advanced composites) ad past materiud handling experienee,  The factor re-

sults from material and part everbaying to account {or normal indirect material losses
during the manufaeturing phase of praductian,  These losses include material and part
spoilage, duplication, substitution, changes, waste, cte, These losses are W be dif-
forentinted from those resulting divectly from manufacturing, such as trimming, rout-
ing, and milling, which are accounted for in the derivation of the material purchase
woight,

The actual value for the manufacturing usage varinnee facior is determined by account-
ing procedures, Data from severnd past programs are presented in Tablo 10-10 . A
nominal value of 1, 10 is currentdy in use by the program for all material forms, This
represonts a 10% overbuy and is a tairly good average value for typical metallic air-
craft construetion, Huowever, it i8 somewhat high for production involving the use of
advanced composite materials,

10,2 AIRFRAME MANUFACTURING COST (CER-COST ESTIMATING RELATIONNIIPS),
The advframe  manufacturing costs in the mothodology dosceribed fn Soction 10,1 usos a
dotaflod munufacturing analysis to synthesizo costs at the detadl part lovol, ‘This analysis
approach requires a relativoly large amownt of afrervaft dofinition and supporting factory
manufacturing standandg, ‘Co provide a sfmpler, more roadily usable and accossiblo pro-
Hminary dosfgm tool, subsyetem lovel cost ostimating relationships (CER's) have boon
devolopad to provide a moans for gonerating a theorotieal first wit cost for any spocifieo
alvoraft configuration wnder condy,  This altomate procodure dovelops airframe manu-
facturing costa on the basts of subsystom lovel cost estimating rolatfonships (CER'S)
that tnelude provistons for ceyvopente tankage, nsulation, and propollant foed and man-
agoment subsystome . o addition, the engine dovelopmont and production modol has beon
modiffod based on the work performod by Goenoral Eleotrfe under NASA Contract NASA
CR=13079% (Roforonce 3) and Pratt and Whitney undor NASA Contraot NASA CR-120862
(Roforonce 4 ).

10,2.1  ‘Thoorotieal Fi-sat tintt Cost, 'The thooretdeal fleat unit manufacturing cost

has boen brokon down into the two major categorios of structure and subsvstems,  Within
the strucuure are the four basie oloments of wing, body, emponnage and nacelle,  The
subrystoms aro composad of landing goar, surface controls, onvironmontal control, hy-
draulios /pnounaties, oloetefoad, strumoents, armamont, ongine assoctatod oquipoont,
fuol systom, avionfes provi dous, furndshings and oquipmoent and auxdliary power, tor
adrerall that uge Hguid *sirogon or mothane for fuel the additfonal subsystoms of tank-
age, msulation and propoliant foed and managomoent ave vequired,

The ffrst wnft coat estimates ave driven by equations that voquire difforentiation be-
tweon subsonde and supersonie afreraft and use the wolght of the varfous clenants ot
structure and subsystoms as cust drivors,
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For those aircraft configurations whore there is more than one fuselage, the individual
fuselages are treatod as separate eloments of structure and costs computed accordingly.
This is also true for tankago whore multiple tanks are used. Each tank is trcated as

a soparato element and costs computed individually,

The equations used to generate first unit cost for JF-fueled aircraft have been tabulated
and appear in Table 10-11, The additional equations required for those aircraft con-
figurations that have liquid hydrogen and mothane fucl systems have been tabulated and
appear in Table 10-12, The CERs for JP aircraft are based on a sample of subsonic

and supersonic fighter and bomber aircraft and subsonic commercial and military trans-
ports. The development of these cost estimating rclationships is based on the

Table 10-11 Ajrframe TFU CERs

Subsonic Supersonic
.70 .70
1. Wi = 1680 \ = 352
ng C = 168 VW C = 3520 W“l
2. Fuselage C - 2240 WF' 70 C = 4800 WF' 0
.70 .70
3. Empennage C = 1680 WE C = 2320 WE
4. Nacelles C = 1680 WN'70 C = 3360 WN'70
5. Landing Gear C = 1440 WL"m C = 1440 WL°7O
g, . & . 70 . 70
6. Surface Controls C = 2240 Wq C = 5760 WS
.70 .70
7. Hydraulics-Pnoumatics C = 3200 W“ C = 3200 \VH
.70 .70
. ~ = 3 ) Lo
8. Electrical C = 240( WEL C - 2400 WEL
- .70 .70
9. Furnishings and Equipment C = 2000 WFE C = 2000 WFF
. .70 .70
10. Environmental Control C - 1920 W A C = 2800 W A
11. Auxiliary Power C: 1520w, _° 70 C=1520 W 70
AP AP
, . ?(} . 70
12. Instruments and Displays C - 6400 WI C 6400 WI
.70 .70
. Fuel 8 Y- 208 = 208
13. Fuel System C - 2080 wl«‘li C = 2080 WFU
_ .70 .70
14. Engine Assoclated Equipment C: 1600 W__ C - 1600 W
EA EA
15. Armament C =640 W A.'IO C 640 W [\'70
.70 ;
16. Avionics Provisions C- 1500 W AV n C = 1500 WAV
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Table 10-12 Cryogenic Fucled Afrcraft TFU CERs

Subsonic Sumrsonic
Hydrogon:
.70 .70
Tanka = 3175 = 2
ge C=3175 W, C = 4762 W, .
.70 .70
Insulatio MES 3 = 285
1sulation C = 1905 Wm C = 28467 WII{
N . . .70 .70
Propellant Feed & Management C - 11200 Wp“ C = 11200 \Vp“
Methane:
.70 .70
T o 5 / - 23 y
ankage C 1587 “'PM C 80 “'I‘M
.70 .70
Insulatio 952 W, = 142
nsulation C-95 “IM C = 1428 wlM
Propellant Feed & Management C = 5600 W -7 C - 5600 W 70
PM PM

Current year dollars modifier =

analysis of histerical first unit cost and weight data at the subsystom lovel, Each
functional subsystom wius analyzod separatoly and cost estimating rolationships developed
to differontiate botweon subsonic and supersonic aircraft. An oxamplo of the basioc data
and the devolopoed rolationships for tho wing structure is shown in IFigure 10-5 . The
subsonic data points are repreosented by a square and the long lower line is tho ocost os-
timating relatfonship developed frow these data, The supersonic data points are repre-
sontod by a trianglo and the long upper line is tho cost estimating rolationship developed
from those data., Tho mathomatical expression for those relationships are of the form:

C= aWb
where

C - cost ($)

a = subsystom coofficiont

\W = subsystem weight (pounds)
b - woight scaling exponont

For the spocific subsonic and suporsonic wing first unit cost oquations shown in Figure
10-5 , tho costs are expressed in 1970 dollars,

-0
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‘The CERs for ervogonic fuel subsystoms are basod on Contaur and Space Shuttle ox-
perionce with subjoctive weighting factors applied to difforontiate botwoen subsonio and
suporsonic applications, For those configurations whore hydrogon or methane is used
as a fuel, the fuel systom weight is zoro for the JP fuel system equation and all fuel
systom costs are genorated by the propellant foed and managoment TFU oquation,

The above theoretical first unit cost equations give results in torms of 1970 dollars,
To convert those figures to current dollarvs the following modifior is used:

' Yoar-1974)
K\Vear) - 1,278 () (t. 06" oar-1

All of tho oquations for the soparate functonal ploces of hardware that make up the

first unit cost have the same mathomatical form and scale with weight to the . 70 power,
Developing tho equations in this form has the advantage of providing additional visibility
into the naturv of the cvst drivers at the TFU lovel, With both size (measured by weight)
and soaling the samey, the relative cost of dfforent types of subsystoms and structure

oan bo determined from the equation coefticlents, This information, coupled with the
woight distribution among the eloments of structure and subsystoms for a specifie
configuration allows identitication of high cost aveas in torms of both abasolute magni-
tudo andd n the more relative sense of doliars por pound,

The above formulation of tirst unit cost fncludos both the labor and mutorisl portions
of manufacturing, Ax sach, it replaces both the manufacturing labor and manufacturing
material portions of the original cost model doveloped for NASA CR 132362 (Roforence 5)

10,2,2  Engine Dovelopmont and Production.  There are throo major arvas of desigm
that require dovelopment and, ‘or tosting for conversion of existing JP burning engines to
cryogenic fuel. The turbopump bearings and seals have to ba moditied and a eryogende
pump throttling range of about 35 to 1 provided, Tn addition, heat exchangors to provide
for vaporization of the cryogenie tuel neod to be developed.  Convorsion of the oxdsting
enginos wili apparontly not matorially affect the prossure ratio, turbine inlot tompor-
ature, percentage of titanfinm and superalloys usod in the enginos, maximum thrust
Mach numbers, or by-pass vatio, For the CF-6=50A and JTEF22A-27A thore is a wolght
fncrease of about 5 and 10%, rospoctivoly, A tabulation of CF-6=50A and JTFI3A-27A
eugine data before and aftee convorsion appoars as Table 10-13,

Costs of conversion dovelopment, up to MQT (model qualification tost) have boon dovel-
opod fun twoe difforent ways, Point estimates based on the work of Pratt and Whitnoy
and Goneral Kloctrie have boon made and for tho CF-6=50A and JTT22A-27A thoy can
bo usod as through-puts fn tho wmodel,

In torms of 1974 dollars, the conversion dovelopmont cost through MQT s ®53 million
for the C=8=60A and $34 willion for the JTEF22A=2TA, Those are ROM (rough ordor of
magnitude) estimates and should be troated accordingly, For conversions whore a para-
wotric ostimate s roquived the following CER was dovelopad based on Centaur oryoponic
propellant food and management tochnotogy.
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Engine Cryogenic Conversfon Cost (M$) =2.1 (AW)'50(1.06)(Y°ar'1974)

where
AW (Ibs) = Weight after conversion - Weight before conversion

Year = Year when conversion takes place,

Production costs are based on the existing methodology with appropriate modification
for changing to cryogenic fuel. The existing engine production equations is as follows:
TFU = 3270 (FP)- 80 CFENG
where
P = maximum sea level thrust {(bs.)

CFENG = engine complexity factor

The new equation is modified by a factor in the following way:
TFU =3270 (FP)* %0 CFENG (CRFM)
where
CRFM = cryogenic conversion factor for methanc (CRFH is used for

hydrogen cryogenie conversion factor)

The specific values for the cryogenic conversion factors are as follows:

Turbofan with
Turbofan Aftorburner
Hydrogen cryogenic conversion
factor (CRFH) = 1.10 1.20
Methane cryogenic conversion
factor (CRF'M) = 1,06 1.10

These cryogonic modification factors are based on an assecssment of the Pratt & Whitney
and Genoral Electric (References 3 and 4 ) studies and a parametric analysis of
eryogenic cost differentials based on Centaur (Reference 6 ) historical cost data and

the Aerospace Corporation spase transport system cost model (Reference 7),

The above production costs arc expressed in terms of 1970 dcllars. To express them
in current year dollars the following modificr is used:

Year-19
Current yoar dollars modifier =K (Year) = 1,273 (TIU) (1.06)( car-1974)

where
Year = year first production article is produced.
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Table 10-13 Engine Conversion Data

Original Cryvogenie Version Original Cryogenic Version
CFL6-30A CF-6.50A JTFIA-2TA JTF22A 27/
Type Turbofan Turbwfan Turbofan (A.B.) Turbofan (A. B.)
Preasure Ratio m, 901 29,0 23:1 23:1
Turbine flet Temp, *K(® ST (2328 1547 QIS 1616, 3 (2450) 1616, 5 (2450
Pervent Titanjum F0% RIS N.A. NLA.
Percont Superalloys Wy 400 N. A, N.A.
Dexiyn Year 1970 1968
Mach Nuwber (ARSI [AR-T} 2.3 2.3

Thrust (Max. ) M i D, 26,4 (49,000 22,326, 1 (49,000 10, SL3, 4 (23, 339 10, 813,04 (238, 850
Wetght g (Ihs) A6T4 1 (R 10N 3EHT,. 9 (RA0N 1246, Q (2747 1391, 6 (306
Ry-T=a Ratlo 4.4 4.4 .M 1

Development Cost
{ increase abvwvw
extsiing eng. )

(M 1974 §)

kX : 39

1,3 ENGINERERING COSTS,  Enginceoring costs are dorived by computing the num-

bor of englneering manhours roquired and multiplving this by a composite engincering

labor rate,  Engiuncering hours are computed as inftial engineeving hours - those hours
utilized by the timoe the fivst afeframe has boen completed, and sustadning ongineering

hours =~ those hours occurring after the first airframe has been comploted,

The actual computation of fnftfal and sustadning ongineering hours has as its hasis
cquations doveloped by G, 8, Lovenson and J. M. Barme (Reforence 1), For this
roason their dofinfton of the engineering task was used, Engineering, thon, was do-
finod as fncluding the following: destgn and fntegratdon studies, engineering for wind
tunnel modals, mochup and engine testing, test engineering, laboratory work on sub-
systoms and statie test ftoms, development testing, board hours, release and madnton-
ance of drawings, specificatdons, shop and vendor lHalson, analysis and incorporation
of changes, material and process specifications, and velfability, Hours not considered
as ongineering include those assocfated with ight test, planndng, ground handling
cyuipmoent, spares, mobile trafning unfts, and publicatfons,  Also not ineluded as part
of enginecring cost ave travel and computer time,

10,3, 1 Fnglheering Cost Derjvation,  The intial engineering task is computed by first
dotermining the number of hours w do the task and thon applying an appropriate com-
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posite ongdneering labor rate.  The inftial enginecring hours ropresent those ongineering
hours oxpended to the point In time when the first adrframe has been completed,  The

G. 8, Lovinson and 4. M, Barro cquation (Reforenco 1) develops the inftial enginoer-
fng hours rvequired as a function of maxinmum afreraft speed at crufse altitude and tetal
alreraft thrust at sea lovel, This equation provides for airframe dovolopment eugincor-
fng and i based on a sample of fightor, bomber and cargo afrevaft.  To accout tor the
undque features of a lquid hynrogon or methane fueled afrevaft it is necossary to dovelop
soparate cost ostimating relationships that provide for eryogeaie fuel subsystoms,
Specifically, cost ostimating relationships are developed that provide for dosign of
cryvgenic tankago, insulation and propollant feod and managoment, These cost ostimating
relationships wore developed primarily on the basis of Coutaur and Space Shuttle expor-
funce and are dealt with as add ons to the design of a more conventional adreraft, In
addition, wodiffeations are made to the JP cost mothodology to provide for the reduction
in the engineertng task associated with the absence of a conveational fuel tankage and
dolivery systom,  Tho hydrogen and :mnethand fueled afveraft have been dealt with sop-
arataly to reflect tho greater difficulty associatod with the uso of Haquid hydrogon due

to its lower liquofication tompervature and groator pormeabitity.

The total numbeor of fnftial engincering hours computed is broken down and distributed
among the varfous engincorfng dsciplines based on percontages dorived from studies
of historieal data, Thore are two basic broakdowns, one corvesponding to a typical
subsonic or transonie transport (ype afreraft acd one corresponding to a typieal high
porformance mititary type afrerafl, Maxdmum Mach number is used to differeatiate
betweon the two breakdowns with a Mach number of 1,1 or gresgter corrosponding to
the military type afreraft,

The wlue for total initdal ongincoring heurs that s output is not the value that {8 com-
puted directly, but {8 nstead a value found by summing the hours for all of the various
onginooring disciplines. 1t is hopad that a future date each area of engincering can

Do looked at individually, and that for cach, meoethods can be developed to derive hours
diroctly by moans of ompirical relationships, As these methods are devolopod, the
perecontage basod computation for a given discipline can be oasily roplaced by a divect
computation, and the now equations will thus be ropreosentad in the foud outpat value
for inftial ongineering hours, In this way, an empivically based routine can be bailt
up bit by bit while rotaining the capability of ponerating a completo output during the
dovelopment,

Tho total airframe initial englneoring hours are developod as o summation of sub-
aystom lovel indtdal engincoring tasks and ave dovelopad from separate systoms of
oquationa that are dopendent on type of fuel,  For the JP fucled adreraft all the sub-
systom lovel inpats are available from the ajrframe indtial design hours (DESHR)Y
cquations which are criven by the airframe inttial ongincering hours (ENGRUR) equation,
Vaduos of ENGRHR aro dovelopad by the G, 8, Lovinson and J, M, Barro equation which
uses maximum afreraft speed at erudse altitude i lnots and masfmum total ateereaft sea
lovol thrust in pounds as indopendent vaviables,  Uhe total afvtrame fndtdad onginecortng
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hours are developed in a sfuilar fashion for liquid hvdrogen and liquid methane fuelod
aireraft but require, in additdon, the weights of the cryogenic tankage, insulation and
propetlant feed and management subgystoms,  These weights are required as inputs to
the subsystom level initial engincering hours equations, The above obsorvations can
be seen in the equation methodology that has boen summarized bolow:

Initial Engincoring Equations Summary

Afrframe Inftial Engincering Hours = ENGRHR

ENGRHR =8,0 * (VELALT **0,56) *(FP**0, 83)*CONFAK

where

VELALT = maximum afroraft speed at cruise altitude (knots)

rp ~ maximum total aircraft sea levol thrust (pounds)

CONFAK = configuration complexdty factor with a nominal value of 1,0

Airframe Initial Design Hours = DESHR

For Mach< 1,1

DESHR = 0,51 *ENGRHR
For Machz>
DESHR = 0.48*ENGRHR

For JP Fucled Afrcraft

Afrframe Initial Enginecring Hours by discipline = ENGRJD

Structural,/ Mechanical Design

Wing

Tail

Body

Furnishings

Goar

Propulsion

Controls
Fuvironmental Control
Hydraulic Poneumatic
Reliability

Armament

—cre RO e

10-26

i e e s Seaga T *

Mach < 1,1

0.14 DESHR
0.07 DESHR
0.15 DESHR
0,14 DESHR
0.04 DESHR
0.12 DESHR
0.0% DESHR
0,05 DESHR
0.05 DESHR
0.01 DESHR

0  DESHR

Mach 2 1.1

0.12 DESHR
0,04 DESHR
0.20 DESHR
0.08 DESHR
0,04 DESHR
0.10 DESHR
0.09 DESHR
.05 DESHR
0,06 DESHR
0,01 DESHR
0.03 DESHR




u—.qu." L,

Electrical/Electronic Design

Design Support
Lines/ Loft
Drafting/lsometrics
Checking/ Releaso
Liaison/Support Derign

Tec mical Support
Stress
Weights
Aero
Dynamics
Thernu
Test Lab
Flectrical
Staff

Predesign
Standarda/Spees. Publication

ENGRJID =

For Hydrogen Fuelad Aireraft

0.14 DESHR

0.15 DESHR
0.02 DESHR
0,06 DESHR
0.02 DESHR

¢.16 DESHR
0.06 DESHR
0.¢5 DESHR
0,08 DESHR
0.08 DESHR
0.10 DESHR
0.06 DESHR
0.01 DESHR

0.02 DESHR
0,068 DESHR

2

Atrframe Initial Engincering Hours by discipline = ENGRED

Structural /Mochanical Design
Wing
Tail
Body
Tankage
Inaulation
Propellant Feod & Management
Murnishings
Gioar
Propulgion
tvontrols
Environmental Control
Hyvdraulic Pacumatic
Reliability
Armament

Mach < 1.1

0.14 DESHR
0,07 DESHR
0.15 DESHR_

6250 W, )Y

n’ 50
2700 (W lll:‘ ) ";0
25000 (W, )°

014 Dl‘fg“ R
0.4 DESHR
0. 08 DESHR
0,09 DESHR
0,05 DESHR
0,00 DESHR
0,01 DESHR
0

25000 (W

0.18 DESHR

0.15 DESHR
0.02 DESHR
0.06 DESHR
0.02 DESH

0.16 DFSHR
0.06 DESHR
0.05 DFSHR
0.08 DESHR
0.08 DESHR
0.10 DESHR
0,06 DESUR
0.01 DESHR

0.02 DESHR
0.06 DESHR

2

Mach2 1,1

0.12 DESHR
0.04 DESHR
0.20 DESHR
6250 (W "
2700 (W
)
0,08 mff\‘\ R
0,04 DESHR
0.05 DESHR
0,09 DESHR
0.05 DESHR
0,06 DESHR
0.01 DESHR
.03 DESHR

'l‘l‘.so
H .M

S50
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Electrical/Electronic Design
Design Support
Lines/Loft
Drafting/Isometrics
Checking/Release
Liaison/Support Design

Technical Support
Stress

Weights

Aero
Dynamics
Thermo
Test Lab
Electrical
Staff
Predesign
Standards/Specs. /Publications

.50
. 54000 450000

0.14 DESHR

K" X 0,15 DESHR

K“x 0.02 DESHR
KHX 0.06 DESHR
KH X 0,02 DESHR

KH X 0,16 DESHR

K‘I X 0.06 DESHR

Kh ~ 0,05 DESHR
K“ x 0,08 DESHR
K, x 0,08 DESHR

l{: X 0,10 DESHR
KH X 0,06 DESHR
Kll x 0,01 DESHR
KH x 0,02 DESHR

KH x 0,06 DESHR

0.18 DESHR

KH X 0.15 DESHR

KH" 0.02 DESHR

KHX 0.06 DES!'R

KHX 0.02 DESHR

KHX 0.16 DESHR

K >»0.06 DESHR

=

K. % 0,05 DESHR
K, » 0,08 DESHR
0.08 DESHR
0. 10 DESHR
0.0 DESHR
0. 01 DESHR
0.02 DESHR
0. 06 DESHR

X

» R A
= = <R A -
x X

>
=
x

rs

o

o]
oo
«

2

D

weight of liquid hydrogen propellant feed and management
UHquid hydrogen system multiplying factor and is derived by the equation:

.50
W)

ENGRHD =
where
WTH = weight of liquid hydrogeu tankage
WiH = weight of liquid hydrogen insulation
WpH =
Ky -
K, - 1.0.12500 W.pyy)+ 5

1.03 ENGRHR

1)-28
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For M Airer
Airframe Initial Engincering Hours by discipline = ENGRMD

Mach < 1.1
Structural/Mechanical Design
Wing 0.14 DESHR
Tail 0.07 DESHR
Body 0,15 DESHR
Tankage 4687, )’ 50
nsulation 2025 (Wm)’ 50
Propellant Feed & Management 18'.’50(WPM)' 50
Fumishings 0.14 DESHR
Gear 0.04 DESHR
Propulsion 0.06 DESHR
Controls 0.09 DESHR
Environmental Control 0.05 DESHR
Hydraulic/Pneumatic 0.05 DESHR
Reliability 0.01 DESHR
Armament 0
Electrical/Electronic Design 0.14 DESHR
Design Support
Lines/Loft Ky, » 0.15 DESHR
Drafting/Isometrics KM N 0,02 DESHR
Checking/Release KM x 0,0¢ DESHR
Liaison/Support Design KM X 0, 02 DESHR
Tecrical Support
Stress KM X 0,16 DESHR
Weights K,, X 0.06 DESHR
Aero KM ~ 0,05 DESHR
Dynaniics }\l N 0. 08 DESHR
Thermo KM ~ 0,08 DESHR
Test Lab KM N 0,10 DFSHR
Electrical I\M x 0,06 DFHR
Staff KM % 0,01 DESHR
Predesign Ky, \ 0.02 DESHR
Standards/Specs. /Publications Ky * 0.06 DESHR

Mach 2 1.1

0.12 DESHR
0.04 DESHR
0.20 DESHR

™
2025(‘&'1M)' 50
.50
18750 (WPM)
0.08 DESHR
0.04 DESHR

0.05 DESHR
0.09 DESHR

0.05 DESHR
0.06 DESHR
0.01 DESHR
0.03 DESHR

0.18 DESHR

KM » 0.16 DESHR

Y >
KM N 0,02 DESHR

KM ~ 0,06 DESHR

l\M % 0.02 DESHR

~ 0,16 DESHR
N 0.06 DESHR
% 0.05 DESHR
0.08 DESHR

<C
= =

<<
=
s

L~ 4
=
e

0. 03 DEXHR
0. 10 DESHR
" 06 DESHR

<<
s

>
-

Vs

=

- DESHR
¢, 02 DESHR

> N X x
z =z 2
s

N 0,0¢ DFSHR

ENGRMD =
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where

Wrm = weight of liquid methane tankage
WM = weight of liquid methane insulation
Wpm = welght of liquid methane propellant feed and management
Km = liquid methane system multiplying factor and is derived by the
equation:
0375V > . 40s0™me” > 37500 prd”

K =1,
M 1.0+ 1,03 ENGRHR

Sustaining engineering hours are computed and output based on the total number of
shipsets. G. S. Levenson and J. M, Barro found the sustaining hours were not sys-
tematically a function of aircraft physical or performance characteristics, and hence
could be represented by the equation (Reference 1):

SUSEHR = ENGRHR * (SHPSET ** 0.20 - 1, 0)

where
SHPSET is the total number of aircraft shipsets produced.

Sustaining engineering for a given production lot may be camputed from:

SUSEH(N) = ENGRHR * (SHP(N) ** 0,20 ~ SHP(M) ** 0. 20)

where

: M+1 is the ship number of the first ship in the lot
an

N is the ship number of the last ship in the lot,

Engineering hours are assumed to be a function of aircraft performance and not directly
a function of material or type of construction. Engineering hours for advanced com-
posite structures, in particular, are assumed to be initially the same as for aluminum
structures, However, the number of hours is expected to decrease later with learning
(Reference 8)., Lhis assumption is based on the fact that composite structures are
charcterized by fewer parts but by a higher degree of learning.

In general, adjustments to engineering hours to reflect unusual material or structural
arrangements can be handled through the use of the engineering configuration complex-
ity factor CONFAK, This factor has a nominal value of 1,0, which can be changed at
the users option by direct input,
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10.3.2 Engineering Labor Rate,  Engineering labor rate may be input riirectly as
a user option, If a value is not input a rate is computed based on the reference year,
A single rate is applied to all engineering tasks,

To derive the equations for engineering labor rate, the rate data from several literature
sources were plotted versus time (Figure 10.-6 ). The data utilized were a composite
rate composed of dirvot, indirect, genoral and administrative, and allocations charges,
An averageo rate was derived for each of the years plotted and a smooth curve was faivod
through the average values in three segments. Equations were derived to fit each seg-
ment as a funotion of year, resulting in the following:

YR < 68 ERATE = .5129 * YR - 22.308
68<YR<70 ERATE=2*YR-123
YR 2 70 ERATE = 17 * (1 + EIFAC) ** (YR - 70)

where

. EIFAC is an amual rate of inflation of the engineering labor rate,

which has an estimated value of 0,06 but should be input based on
prevailing conditions
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10, 4.1

TOOLING COS'TS

Tooling Cost Derivation, Tooling costs are comprised of three primary

elements. They arc: basic tooling, which is the first level of tooling designed to
support the initial production lot at the initial production rate; rate tooling, which is
the second level of tooling established to support the remainder of the production
schodule at the maximum production rate; and sustained tooling, which is the tooling
effort required to support the entire production schedule by providing for tool main-
tenance and producibility charges.

Each of the three tooling elements can, in turn, be broken down into manufacturing,
enginecring, and materiais. Tool manufacturing includes the following: tooling

Table 10-14 Summary of the Tool-

machine shop, template shop, plastic
pattern shop, foundry, jigs and fixtures,

ing Cost Breakdown tool and die, form blocks, and plastics.

Non Recurring Tooling
Basic Tooling

Rate Tooling

Tool enginecring includes tool design, tool
and operations planning, tool project engin-
cering, numerical control programming,

Manufacturi
;'nginecrim:“g tool liaison, production control, and proof-
Material ing. Tooling materials include materials

and graphic reproduction support, A
summary of the tooling cost breakdown is

g‘:;f:f:‘:;“" listed in Table 10-14.
Material
Tooling costs are computed as a function of
Recurring Tooling the number of basic tooling manufacturing
Sustaining Tooling hours (BTMH), initin] and sustaining pro-

Manufacturing duction rates (RI and RS), and tool manufac-

Engineering turing and engineering labor rates (TRATEM

Material and TRATEE)., Following are the equations

used (References 1 and 4):

Basgie Tecoling Costs

BMFGS 1.00 * BTMH * BTMH * TRATEM * R ** 4
BENGRS : .40 * BTMH * TRATEE * Rl ** 4
BMATLS 1,20 * BTMH * RI ** .4

it

]

Rate Tooling Costs

RMFGS - .10 * BTMH * TRATEM * (RS ** .4 - RI ** _4)
RENGRS .015 * BTMH * TRATEE * (RS ** .4 - RI ** _4)
RMATLS = ,120 * BTMH * (RS ** .4 - RI ** ,4)
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Sustaining Tooling Costs

SMFGS - 1,00 * BTMH * SUMFAC * TRATEM * RS ** 4
SENGRS - .50 * BTMH * SUMFAC * TRATEE * RS ** 4
SMATIS - .90 * BTMH *SUMFAC * RS ** 4

where

SUMFAC is a production rate factor discussed below,

Basic tooling manufacturing hours are computed based on the number of dissimilar
parts to be produced (DISPRT), the average number of tools required per dissimilar
part (TOOLPP), and the average number of hours required to produce each tool
(HRPTOO).

BTMH = CONFAC * DISPRT * TOOLPP * HRPTOO
where

CONFAC is a tooling configuration complexity factor discussed below.

A value for tetal number of dissimilar parts (DISPRT) can be input directly or in the
absence of an input is calculated from the following (Reference 9):

DISPRT = 29,35 * AMPRWT ** 0,728
where

AMPRWT is the AMPR weight of the aircraft.

The equation is illustrated in Figure 10-7 , 1t is hoped that eventually the number of
dissimilar parts can be dorived directly from a parts count made in the parts definition
portions of the program, rather than using a statistical derivation driven I weight,

A plot of total tools versus the number of dissimilar parts is shown in Figure 10-8 ,

A nominal value f 1,8 is used for the average number of tools required per dissimilar
part (TOOLPP) in the absence of a direct input by the user, Figure 10-9 shows
typical values of the average number of hours required to produce a tool (HRPTOO)
plottec ngainst numberof dissimilar parts, A nominal value of 49.0 is used by the
procram in the absence of a direct input. A summary of the data that was available
fo: the analysis of tooling cost is presented in Table 10-15,

The production rate factor (SUMFAC) represents a tool maintenance fraction, which
is a func.ion of the aiveraft production rate and the number of shipsets produced.
It is computed from the following:
LOTS
SUMFAC = ) (NOMO, * Factor,)
i=LOTO
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Table 10-15 Summary of Tooling Cost Data used in the Analysis

AMPR Weight Diss. Tools/ Total  Average Tool
Program kg (b) Parts Part Tools  Hr/Tool Mfg. Hr
A 9,017 (19,838) 16,785 1,51 25,400  -29.6 751,734
B 9,851 (21,673) 22,000 1.51 33,200  81.0 1,029,820
c 29,864 (65,7000 51,000 1.77 90,181 50, 2 4,526,110
D 39,614 (87,150) 66,154 45,0 2,986,930
E 5,488 (12,074) 13,815 2.62 36,191 58.0 2,099,772
F 6,835 (15,037) 18,166 2,31 42,060 55. 7 2,341,320
G 14,923 (32,830) 35,866 1,44 51,751 40. 6 2,100,000
H 2,767 (6,087 4,871 1.30 6,315  38.4 242,363
I 5,381 (11,839 6,077 1,72 10,439 41. 4 432,059
J 19,268 (42,3900 24,020 1.69 40,506  43.8 1,772,730
K 13,000 (28,6000 28,800 1.70 48,960  40.0 1,958,400
L 8,301 (18,263) 10,709 1.36 14,569 31.8 559,440
M 14,795 (32,548) 22,741 2,34 53,000 71,0 3,775,000
N 11,530 (25,365 24,300 1.7 42,200 77.0 3,250,000
o 15,075 (33,160 11,367 2.13 24,174 55. 0 1,314,467
P 7,045 (15,500) 2,165,600
10-36




where
NOM(‘)i is the number of months required to produce the shipsets of LOT‘
FACTORi is a factor computed from the curve of Figure 10-10
The number of months each lot is under production is computed by dividing the

shipsets in each lot by the production rate corresponding to that lot, A value for
FACTOR is taken fromthe curve of Figure 10-10 as follows: a value of 0.015 is

0, 015

0.010 - \
FACTOR = 0, 0000455 * SHIPNG » 0, 01182 \

FACTOR

0, 005

0 | A e 1 1 Il 1 L L I 1 L L 1 1 1 —
[ 10 20 30 40 50 60 T 80 20 [SU U DI 120 130 Ho tho 160 170
SHIP NUMBFR

Figure 10-10 Plot of the Tooling Maintenance Factor per Month
Vorsus Ship Number

used for the first lot, or the first 10 ships of the first lot if the total is greater than
10: for each successive lot up to ship number 150, and for the remaining ships of the
first lot if the total is greater than 10, a value is computed using:

FAC'I‘ORi = -0,0000455 * SHPNOi +0,01182

where

SHPNO‘ is the middle ship number of lot;
For the remaining lots (above ship number 150) a value of 0.005 is used.

The tooling configuration complexity factor (CONFAC) was designed to account for
different materials and structural arrangements. It has a nominal value of 1,0,
which is used in the absence of a direct input, Table 10-16 lists some suggoested
values for the factor, It should be noted that an aircraft constructed of advanced
composite materials was assumed to require 70% of the tooling necessary for a
comparable metallic version (Reference 8§ ),
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Table 10-16 Suggested Input Values for Tooling Configuration
Complexity Factor CONFAC

Combination

Metallic Metallic/Composite Composite
Simplified Design, 0.8 0.7 0.5
Follow-on Subsonic
Regular Subsonic L0 0.9 0.7
Complex Subsonic; 1.8 1.6 1,2
Simplified Design,
Follow-on Supersonic
Regular Supersonic 2.2 1.9 L5
Complex Supersonic 2.5 2.2 1.8

The initial and sustaining production rates (RI and RS) are given nominal values of
1.0 in the absence of a direct input. The initial procuction rate (RI) is assumed to
encompass the production of the RDT&E (preproduction) and LOT1 ships, and the

sustaining rate (RS) is assumed to encompass the remainder, LOT2 through LOTS,
A summary of the tooling cost elements as related to the assumed production schedule
is illustrated in Figure 10-11.

LOT 0 - LOT | LOT 2~ LOT 5: RI

PRODUCTION OF DRODUC TON AT
¢ A , PTON AT S .
i-.---ls,l_ AIRFRAME INITIAL  ATE (l“’-—r-—-—-—l RODUCTION AT SUSTAINING RATY (RY)

‘TART IST
SRODUCTION . MRFRAMM

Fe—m BASIC TOOLIG —ar]

b e RATF TOOLING -———-.{

}._.._ — SUSTAINING TOOLING

END

PRODUCTION

1

Figure 10-11  Summary of Tooling Cost Elements as Related to the
Production Schedule

10.4,2 _Tooling Labor Rates, Tool engineering and manufacturing labor rates may be
input as a user option. If a value for ¢ither is not input, a rate is caleulated based on
the reference year,

To dorive equations for tool engineering and manufacturing labor rates, rate datn
(combined average of engincering and manufacturing) from several literature sources
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were plotted versus time (Figure10-12), The data utilized were a composite rate
composed of direct, indirect, general and administrative, and allocations charges.
An average rate was derived for each of the years plotted and a smooth curve was

18r

16¢-
R=1)5*YR-91

14

12

10 AVERAGE

*

DOLLARS PER TOOLING HOUR

8 .
° R=0,384G * YR - 15, 1538
6 3 ¢ .
® b ¢
Yy .
L.
nt | 1 | | { 1 v i 1 1 1 d 1 L1 J
1955 56 57 58 59 64 61 62 63 64 65 G6 n? 68 69 70 1871

YEAR

Figure 10-12 Tooling Labor Rate Versus Year

faired through the average values in three segments. Equations were derived to fit
each segment as a function of year, resulting inthe following:

YR< 68 RATE = 0.3846 * YR - 15.1538
68 YRS 70 RATE = 1.5 * YR - 91
YR > 170 RATE = 14 * (1 + TIFAC) ** (YR - 70)

where

TIFAC is an annual rate of inflation of the tocling labor rate, which
has a nominal value of 0, 06 but may be input as an option

The resultant value for labor rate is then adjusted to correspond to either the engin-
eering or manufacturing areas of tooling cost, It was found that tool engineering and
tool manufacturing labor rates are usually separated by about 7%. For this reason
the average calculated Jabor rate is increased by 3.5% to derive a tool engineering
rate, and decreased by 3.5% to derive a tool manufacturing rate,

TRATEE = 1,035 * RATE g 1B
.qu;\a PAG
TRATEM = 0,965 * RATE ORIGIN * quaLITY
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10,5 TOTAL VEHICLE PROGRAM COSTS. The total vehicle program costs are
computed based on a cost model that was assembled primarily utilizing the work of
R. E. Kenyon (Reference 2), The model incorporates a general format similar to
thatused by Kenyon although equations taken from the referenced literature have been
substituted in several places, Where possible values for various cost elements that
have been computed elsewhere in the program are brought across. These include
first unit manufacturing costs (wing, body, horizontal, vertical, and nacelle), initial
and sustaining engineering costs, basic tooling costs (basic tool engineering, manu-
facturing, and material) and rate and sustaining tooling costs. Table 10-17 summa-
rizes the elements of the total vehicle program cost model,

Table 10~17 Total Vehicle Program Cost Model

NONRFCURRING RDTE RFCURRING RDTF AND PRODUCTION (Contd)
Precontract Funded studtes Hydraulics/Pneumatics
Airframe Development Electrical /tlectronics

Initial Engineering instruments
Development Support Armament
kngineering Material Engine Associated Equipment
Manufacturing Support and Material Fuel System
Quality Control Avionics Provisioning
Basic Tooling Furnishings/Equipment
Basic Airframe Tool Manufacturing Engine Production
Basic Subsystem Tool Manufacturing Avionics Production
Basic Tool Engineering Armament
Tooling Material Primary and Final Assembly
Manufactuning Development Mission Equipment lustallation
Plant Enginecening and Material Acceptance Operations
Propulsion Development Sustainng Engieering
Avionics Developiment Rate Tooling
Systems Enginecring and Management Sustaming Tooling
ACE Development and Procurement Spares tor Test
Trainng Equipment Development and Piocuretent AGE lor Test
Fhight Test Operations Technical Data
Technical Data Program Management
Total Nonrecurring RD IE Costs Total Flyaway Costy

Support Costs
lutial Spares and Replensshment Parts
Airframe
Propulsion

RECURRING RDI'E AND PRODUCTION
Production Airframe
Basic Structure

wing Avionles

Body AGL tor Production

Horizontal Fraunng Fyuipment

vertical Fest Atrcralt Conversion
S b‘M.n:elhr Category 11 and 1l Lest duppornt
su

{s::':“ Fotal Support Costs

Sutface Contiols

Total Program « osts
Fuvironmental Systems

URIGINAL, PAGR IS 10-40
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As part of the total vehicie cost derivation 2 learning curve approach 18 applied 10
first unit costs to cornpute the cost of any subsequent unit or production lot. The
learning curve analvsis assumes a constant slope for the cumulative unit average cost
(cumulative total cost divided by cwnlac.ve number of shipsets) plotted against ship-
set, This, in effect, assumes that a percentage increase in production results in a
constant percentage decline in the average unit cost. The cumulative average cost for
all units through the Nth unit then can be presented as a function of the first unit cost
(FUC) and the learning curve slope (S) as follows:

cumulative average cost = FUC * N ** B

where

B = ALOG (S)/ALOG (2)

The corresponding total cost of N units is N times the cumulative average cost through
Nth unit. The actual unit cost for the Nth unit is:

unit cost = FUC * (N ** (B+1) - (N-1) ** (B+1))
™ FUC * (B+1) * N ** B for N> 16

Total vehicle cost elements, which are input directly, are summarized in Table 10-18
The remaining items are computed by cost estimating relationships (CER's) or by a
combination ¢{ detail hours and rates plus cost estimating relationships (CER's).

Table 10-18 1otal Vehicle Cost Elements ‘The user has the option of developing

Established by Direct Input the first unit manufacturing cost
(wing, fuselage, empennage, and
nacelles) utilizing the detailed
approach described in Section 10,1
or by the cost estimating relation-
ship (CER) method described in
Section 10.2 ,

Precontract Funded Studies

Systems Fngineering and Management

Training Equipment Development and
Procurement

Avionics Production

Program Management

Category II and II1 Test Support The following vehicle program costs

are accounted for by cost estimating
relationships (CER's), These cost
estimates are additive to the first unit manufacturing cost for wing, fuselage, empen-
nage, and nacelles independent of how 1t was developed (detail or theoretical).

Engineering Material

C = FE2 (ENGRS)
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where
Fr~ = Engineering material cost as a fracti: of initial engineering cost.
ENGKS = Total initial engineering cost

Manufacturing Suoport and Material

C = 1s..6 (ENGRHR) (1 + EIFAC)(\earq;a 7oty

where
ENGRHR = Total sumber of initi on yinvering hours
EIFAC = Annual rate of inflation of engineering labor rates
YEAR = Actual year of cost grejection
Quality Control
C = MRATE [FQ1 (ENGRHR) + FQ? (TOOLHR)]
where
MRATE = Quality control labor rate
FQ1 = Quaiity control manufacturing support hours as a fraction
of initial engineering hours
ENGRHR = Total number of initial engineering hours
FQ2 = Quality control tool inspection hours as a fraction of

too} manufacturing hours

TOOLHR = Sum of basic tool manufacturing and rate tooling hours
for airframe and subsystems

Basic Subsystem Tool Manufacturing
C=STF (CMT)(W'ISYS)CS

where
STF = Subsystem tool factor
CMT = Subsystem development complexity factor
WTSYS = Total vehicle subsystem weight
Cs = Subsystem development gcaling exponent

Manufacturing Development
C= FT4 (TOOLHR) (MRATE)
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where

FT4 =~  Manufacturing development hours as a fraction of tool
manufacturing hours

MRATE
TOOLHR

"

Quality control labor rate

ti

Sum of basic tool manufacturing and rate tooling hours for
afPframe and subsystems

Plant Engineering and Material
"~ FT3 (TOOLHR) {MRATE + 2, 00)

where
FT3 = Plant engineering hours as a fraction of tool manufacturing
hours
MRATE =  Quality control labor rate

TOOLHR

Sum of basic tool manufacturing and rate tooling hours for
airframe and subsystems

Propulsion Development

0.55 0.66 .
C = 20500000.0 (FP/1000) "> (MACHND)" ' °° (SHP(6)) (QENG) (1 + sPRS)”" !

where
FP =  Tctal s2a level thrust
MACHND -+ Mach number
SHP(6) = Total number of shipsets to be produced
GENG = Total number of engines per aireraft
SPRS = Engineering spares fuctor as a fraction of initinl

engineering unit required

Avionics Development

39 39

C = 55000000.0 (Wl)o'4 + 375000, 0 (\\'A\')o"‘
where

w1 = Total weight of vehicle instruments

i

WAV Total weight of vehicle avionics
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AGE Development and Procurement
C = 0.05 (ADDE) + 0,15 (FV)

where
FV
ADDE

Total aircraft preduction cost

Sum of precontract funded studies and initial engineering
costs

]

Flight Test Operations

1. . .
C = 0.75 (SHP(6)) 1 rakorr)® %8 (VELALT)O 9

where
SHP(6) =  Total number of shipsets to be produced
TAKOFF =  Vehicle gross takeoff weight
VELALT =  Maximum velocity at cruise altitude

Technical Data

C =0.02 (FV)
where
FV = Total aircraft production cost
Subsystems Subsonic Supersonic
.70 .70
Landing Gear C = 1440 WL C = 1440 WL
.70 - .70
_ Surface Controls C = 2240 WS C = 5760 WS
.70 .70
Hydraulics-Pneumatics C = 3200 WH C =3200 WH
.70 .70
Electrical C = 2400 wEL C = 2400 WEL
.70 .70
Furnishings and Equipment C = 2000 WFE C = 2000 WFE
Environmental Control C=1920W_° 70 C =2800 W 70
EC EC
Auxiliary Power Cc=1520w, _° 70 C =1520W 70
} a AP - Yap
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70 . L 70
Instruments and Displays C = 6400 \VI - 6400 \\rl
.70 L
; - 2080 W = 2080
Fuel System C - 2080V PU 08¢ WFU
Engine Associated Equipmont C=1600W_ 10 - 1600w, 70
ohgine Assoelatod Equipnion EA EA
Armament C=6i0W A.?O 6o w A.'IO
\vionica Provisi C = 1500 W 70 = 1500 W 10
Avionics Provisions AV = AV
Hydrogen:
.70 .70
= 8 Py ‘2 Y
Tankaye C = 31715 w’l‘u C - 4176 “T“
. .70 .70
Y1908 L - & r r
Insulation C - 1905 “Il! C - 2867 “IN
N } ST . .70
Propellant Food & Management ¢ 11200 WPH C - 11200 W\ PH
Meothane:
_ .70 X .70
"m v R ¥ N 2980 7
lankage C - 15T W, o C 2380 W
70 .70
= 9 = R
Insulation C =952 WIM C = 1438 Wm {
.70 R .70
Propellant Feed & Management C =« 5600 WPM C 5600 WPM
whetre
WL = Total weight of landing gear
WS = Total weight of surface coutrols
WH - Total weight of hydraulios-pnoumativs
WE1 = Total weight of electrical
WFF = Total woight of furnishings and oquipment
WE C = Totl woight of environmontal control
W AP - Total weight of auxiliary powor
\\‘I = ‘Total woight of instruments and displays
WFU - Total weight of fuel system
w s Total weight of engine assoeiated vquipment



L

w A =  Tota] weight of armament

w AV =  Total weight of avionics provisions

WTH =  Total weight of hydrogen tankage

WIH =  Total weight of hydrogen insulation

WPH = ‘Total weight of hydrogen propellant feed and management
WTM = Total weight of methane tankage

wIM =  Total weight of methane insulation

WPM = Total weight of methane propellant feed and management

Engine Production
0.60

C = 3270 (CFENG) (FP) (for JP fuel)

C = 3270 (CFENG) (FP)O'GO(CRFH) (for hydrogen fuel)

C = 3270 (CFENG) (I"P)o'60 (CRFM) (for methane fuel)

where

CFENG = Engine complexity factor

FP =  Maximum sea level thrust

CRFH = Cryoggnic conversion factor for hydrogen (use 1.1
for turbofan and 1. 2 for turbofan with afterburner)

CRFM =  Cryogenic conversion factor for methane (use : 05

for turbofan and 1,1 for turbofan and afterburner)
Primary and Final Assembly

C = FFA (CFUAF + CFUSS)

where
FAA = Ratio of mission equipment installation cost to the sum of
first unit cost of avionics and armament
CFUAF =  First unit cost of airframe
CFUss =  First unit cost of subsystems

Mission Equipment Installation

C = FAA (CFUAV + CFUAR)
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whore

FAA = Ratio of mission equipment installation cost to the
sum of first unit cost of avionies and armament

CFUAYV = First unit cost of avionics

CFUAR =  First unit cost of armament

Acceptance Operations

C = FAO (CFUAF + CFUAV + CFUENG + CFUINS + CFUSS + CFUSSY)

where

FAO =  Ratio of the acceptance operations cost to the sum of the
airframe total cost minus acceptance operation cost plus
propulsion gsystem cost plus avionic cost

CFUAF =  First unit cost of airframe

CFUAV =  First unit cost of avionica

CFUENG = First unit cost of propulsion system
CKUINS =  Cost of mission equipment installation
CFUSS = First unit cost of subsystoms

CFUSSY =  Toltal of primary and final assembly cost

Spares for Test

C ~ [FS(AFT) + F4 (ENG) + A15 (AV)) /(sup(u))o'7

where
F3 = Factor for airframe spares for testing
AFT =  Airframe production cost
F4 =  Factor for propulsion spares for testing
ENG = Propulsion system production cost
AlS = Factors for avionics spares for testing
AV =  Avionics production cost
SHP Y = Total number of shipscts to be produced
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Age for Test

C = P2 (AGTA) (AFT) + P4 (AGTP) (ENG) + PG (AGTV) (AV)

where

P2 =

AGTA

i

AFT -
P4

AGTP
ENG
pG -2

i

1]

AGTV
AV =

Technical Data

C = F11 (ATOT)

where

F11 =

ATOT =

Airframe age set cost as a fraction of airframe production
cost

Number of airfrnme age sets for testing
Airframe production cost

Propulsion age set cost as a fraction of propulsion
system production cost

Number of propulsion age sets for testing
Propulsion system production cost

Avionics age set cost as a fraction of avionics production
cost

Number of avionics age sets for testing

Avionics production cost

Technical data cost factor as a fraction of the sum of
airframe, avionics, and propulsion system production costs.

Sum of airframe, avionics, and propulsion system
production cost

Airframe Spares and Replenishment parts

C = F5 (AFT)

where

>

&

=3
]

Airframe spares cost factor as a fraction of airframe
production cost

Airframe production cost
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Propulsion Spares and Replenishment Parts
C - F6 (IFNG)
where

16 ~ Propulsion spares cost factor as a fraction of propulsion
systom production cost

ENG Propulsion system production cost
Avionics Sparoes and Replenisiment Parts

¢ F7TAV)
where

17 Avionies spares cost factor as a fraction of avionies
production cost

AV Avionies production cost
Age for Production

Ce= 8 (14 179) (AT0T)
where

I'8 Age cost factor as a function of the sum of airframe,
avionies, and propulsion system production cost

F9 Age spares cost factor ag a fraction of primary age
required for spares

ATOT Sum of airframe, avionies, and propulsion systom
praduction cost
Tratning Fquipment
C - F10 (AT07)
whoere
F10 © Training cquipment cost factor aa a fraction of the sum of

afrframe, avionics, and propulsion system prodvetion cost

ATOT sSum of atrf{rame, avionies, and propulsion sy stem
» Al ‘ ‘ A
production cost

0=t




Test Aiveraft Conversion

C - F12 (ATOT)

where
F12 =  Test aircraft conversion cost factor as a function of the
sum of airframe, avionics, and propulsion system
production cost
ATOT -« Sum of airframe, avionics, and propulsion system
production costs
10,6 RETURN-ON~INVESTMENT ANALYSIS

10,6, 1 Direct Operating Cost, The direct operating cost computation requires as
input the aircraft price, as previously computed in the total vehicle cost module, and
aircraft performance, defined principally as fuel and time required for various
distance increments up to the operational range, The input when applied to the 1967
Air Transport Association formula (Reference 10) develops direct operating cost
elements for specified distance inerements, The Air Transport Association formula
provides the basis to compute crew cost (primarily a function of the number in the
cockpit erew), time to cover specified distances, and aircraft gross weight. Fuel
and oil costs are computed directly from block fuel required. Insurance (hull insur-
ance only, liability is an indirect cost) is computed as an annual percentage of the
aiveraf! price, Maintenance is computed as a function of time, weight, thrust, and
hardware cost. Depreciationis computed for a specificd number of years, and in-
cludes depreciation of spares as well as primary flight equipment. The resultant
output is direct operating cost per aircraft mile and per available seat block for
various distances up to the operational range of the airplane.

The logic flow of the cquations that make up the direct operating cost methodology
can be deseribed as shown in Figure 10-13, The direct operating cost, in terms of
dollars/mile, is developed for a specific airceraft for various distances up to the
operationai range of the vehicle, As shown in Figure 10-13, the direct operating
costs are determined basically by the original cost of the aircraft and the costs that
are accrued on the basis of hours of use and passage of time, The aircraft cost is
determined from other parts of the model that essentinlly define the vehicle basod on
specific performance criteria, The hourly costs that are the result of actually using the
aircraft are made up of crew pay, fuel and oil and maintenance. The crew pay is
determined by the block time expended from engine to start up to shut down. The fuel
and oil costs are determined by the total quantity of block fuel required for a specific
flight distance. 7The maintenance costs are determined primarily by flight hours and
flight cycles. 'The longer flights have relatively lower maintenance costs per mile
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Figure 10-13 Direct Operating Cost Logic Flow

A Hourly Costs

|

DoC
1967 AT
Afrcraft 967 ATA $/Mile
N DPoOC
Cost For various distances
Formulas
B Annual Costs
A Hourly Direct Costs
Crew Pay — Block Hours
Fucl and Oil —% Block Fuel $/ Mile
Maintenance __ .| Flight Hours,
Flight Cycles
B Annual Direct Costs
Deprectation | __f'\ i iization |—=  $/Mile
Insurance

because of a smaller increment of cost associnted with takeoff and landing., The
annual direct costs which accrue, regardless of whether the aircraft is flown, are
depreciation and insurance, By determining the annual utilization of an aircraft in
terms of miles per year the annual costs can be dealt with on a dollars/mile basis.

In the direct.operatingcost area, the fuel cost and maintenance costs are affected by

a decision to use methane or hydrogen fuei. The fuel costs in the ATA formulation are

calculated from the block fuel and require as an input the unit fuel cost in $/pl,

Projections of fuel custs into the 1980's time frame vary considerably, Specific valuvs

for JP, liquid methane or hydrogen can be input to the model, or sensitivity studies
can be performed for various nssumptions about unit fuel costs, Without other data,
the following ranges of fuel cost for the 1980's time frame are appropriate,
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1980's Time Frame

JP §/M3 (§/gal) 31,7 - 95,11 (.12 -.36)

Methar, » §/M3 ($/gal) 29,06 -58.12 (.11 ~-.,22)
R

H ) $/M° ($/gal) 19,81 - 79,26 (.075 - .30)

The maintenance portion of the direet operating cost module is affected to some
degree by the cleaner burning characteristics of hydrogen fuel engines. A detailed
maintenance analysis would be needed to establish the extent of this cost impact, In
contrast with the above decrease in maintenance costs, the eryvogenic tankage and
ingulation systems would increase the maintenance associnted with the airframe,
Beeause of these counterbalancing uncertainties and the lack of any detailed amalysis
on which to pregently make changes, the existing maintenance direct cost methodology
has been left unchanged.

10,6,2 Indireet Operating Cost. In the indirect cost area, two cost clements are
impacted by the choice of fuel,  Aireraft servicing costs would be increased by the
necessity for inerecased quantity and quality of personnel required to fuel aiveraft
with eryogenic fuels, The increased sophistication of eryogenic fuel technology
requires additional manning for fuel handling and monitoring hardwae due to the
essentially different physical properties of eyrogenic fuels and increased safety re-
quirements.  In addition to the manpower to use the above equipment, provisions waow!
have to be made for maintenance, depreciation and amortization of such equipment,
The assessment of these offects in quantitative terms requires a maintenance and
operations analysis that is beyond the scope of this current research effort, The
current return on investment module continues to use the original Lockheed formulas
(Reference 11) for determination of indirect operting costs by city pair for such
factors as aireraft servicing, stewardess expense, food, reservations and sales,
baggge handling, and general and administrative expenses.

10,6,3 Return-on-Invesiment, To compute return-on-investment data, a comparison
is made between revenue and diveet plus indirect operating costs,  City pair traffic
data, distances, and fare formula establish the revenue of mterest. Aiveraft capacity,
frequency, and load factor constriints determine the required flight frequency, indi-
rect costs, and fleet size,

To compute return=on-investmoent, total income minus {otal cost is compared to total
investment as determined by fleet size, aircraft price, and spares factors, Return-
on-jnvestment is caleulated as that percentage return on net invested capital (initial
investment minus cash flow from deprecintion) that would cqual the same percentage
return on fixed return investment, such as accrunl savings deposit, Return=on-
investment is computed for cach city pair and for the entire system, In this way, it
is possible to establish the traffic and distance requirements to make a given sirevaft
profitable and to make a meaningtul comparison between two ajrplanes where

soating capacity, performance, and price are different.
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SECTION 11
COMPUTER PROGRAM

11.1 PROGRAM CAPABILITIES

This program has been designed in a modular fashion to provide users application flex-
ibility, as well as providing ease of update and modification. Euach of the modules is
composed of many subroutines coupled together to perform the required functions.

The program driver "WTSIZ" acts as the main control routine for the total program.

It establishes a logic flow for the program from beginning to end. The breakdown for
the detail analysis version is subdivided into six primary modules (driver, vechicle
synthesis, external loads, structural synthesis, parts definition, and cost synthesis).
The preliminary analysis version has three primary modules (driver, vehicle synthesis,
and cost synthesis).

The users manual encompasscs seventeen volumes and addresses USER INSTRUCTIONS
AND OPERATING INSTRUCTIONS, Volume one is the summary, Volume Two through
Volume Four covers Vehicle Sizing, Volume Five is for External Loads, Volume Six

is for Structural Synthesis, Volumes Seven through Ten cover Parts Definition, and
Volume Eleven through Volume Seventeen covers the Cost Synthesis,

11.2 USAGE INSTRUCTIONS

The Vehicle Design Evaluation Program currently has two batch versions in operational
status. One version is the '"Detailed Analysis' capability which uses the vehicle sizing,
cxternal loads, structural synthesis, parts definition, and cost modules. The other is
a "Prcliminary Analysis' version which uses the vehicle sizing and cost cstimating
rclationships (CER) modules. In both program versions the user has the option of
using a mini~performance or a detailed mission and performance approach,

The input required for exccuting thesc programs and options is discussed in Scction 4
of cach volume of the users manual.

11,3 OPERATING INSTRUCTIONS

This computer program runs at NASA/Langley under the Network Operating System
(NOS 1.1). The program operates with Scope 3.4 at General Dynamics., The NASA/
Langley and the General Dynamics programs have been written for the TN compiler.

The program at General Dynamics Convair under Scope 3.4, operates with approximately
72K octal cells of core and needs 2000 octal seconds of CP time for the compiler detuil
analysis program. The same program under NOS 1.1 at NASA/L.RC will usc approxi-
mately 75K octal cells of core and needs less than 500 seconds of CP time. This re-
duced time at NASA/LRC is due to the high speed CYBER 175 fronting the CDC 7600.
Instructions for operating the program are shown in Control Card form in Section 5 of
each volume of the users manual. These control cards are shown for operating the
program and the setup for modifications for both NASA/L.RC and General Dynamics
Convalir,
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