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SUMMARY

A high tip speed turboprop is being considered as a [uture energy conserva
tive airplane. The high tip speed of the propeller, combined with the cruise
speed ol the airplane, results in supersonic relative flow on the propeller tips.
These supersonic blade sections could generate noise that is a cabin environ-
ment problem. This report investigates the feasibility of using wing shielding
to lessen the impact of this supersonic propeller noise. An analytical model
is chosen which considers that shock waves are associated with the propeller
tip flow and indicates how they would be prevented from impinging on the air-
plane fuselage. An example calculation is performed where a swept wing is used
to shield the fuselage from significant portions of the propeller shock waves.

INTRODUCTION

One of the candidate engines for a future energy conservative airplane is
a high tip speed turboprop. The high tip speed of the propeller, combined with
the high subsonic cruise Mach number of the airplane, results in supersonic
relative velocities over the outer portions of the propeller blades. Durving air-
plane cruise these supersonic blade sections generate significant noise that
might become a cabin environment noise problem.

The intent of this report is to investigate the feasibility of using wing
shielding to lessen the impact of this supersonic propeller noise on the airplane
intervior, An analytical model is chosen which considers that shoclk waves are
associated with the propeller tip flow and attempts to trace how they could be
blocked from impinging on the airplane fuselage. An example is considered
in which a swept wing is used to shield the fuselage from significant portions
ol the propeller shock waves. This report does not attempt to address the
other sources of high speed propeller noise such as those addressed by Hanson
(ref. 1) and Farassat (ref. 2) but only deals with the shock waves associated
with the propeller tip.

MODEL

In order to determine the feasibility of wing shielding fo reducing the
airplane interior noise of a high tip speed turboprop, a particular airplane
type has been chosen,  This is a high wing airplane with the engines in nacelles
on the wing as shown in figure 1. (A low wing aircraft could be designed to
have similar shiclding, but the high wing would have less problems with landing
gear height.)

In the modeling it is assumed that some portion of the tip of the propelle:
is operating supersonically when the plane is at cruise. The supersonic pro-




peller tip section is assumed to have attached shock waves on both the pressure
and suction surfaces. A sketch of the propeller tip might look as in figure 2
which is a view of the tip looking toward the hub.,

The shock wave pattern has leading and trailing edge shocks. The angle be
tween the shock wave and the blade camberline is 0, (A list of symbols is in-
cluded in appendix A,y In figure 2 the shock waves are shown to have different
angles, " and y. In the text of this report the angle ¢ could be construcd
as being either the leading or trailing edge shock. However since the leading
cdge shock is typically stronger and thus represents a more critical shielding
problem, the leading edge shock geometry and angle are used in the following
development and in the sample caleulations.

These propeller tip shock waves rotate with the propeller and woula impinge
upon the airplane fuselage creating an interior noise problem. In order to illus
trate the possibility of using the wing to block these waves a number of head-on
airplane sketches are shown in figure 3. These drawings illustrate a propeller
blade in various positions and indicate the position of the shock wave from the
suction surface of the propeller.  The blocking of the suction wave is shown
here for purposes of illustration and it will be shown later that the pressuve wave
c¢an ke made to pass behind the airplane.  The shock wave is assumed to lie in
i plane which is perpendicular to the blade span.  The bluade is shown as being
the same from hub to tip only for ease of illustration.

As can be observed in figure 3 the suction surface shock wave strikes the
fuselage only when the propeller blade is in a certain portion of its votation,

In particular this occurs when the blade is located in the quadi ant of the pro
peller rotation which is above the airplane wing., Therefore portions of the
airplane fuselage may be shielded from these suction surface shock waves by the
presence of the wing. ‘The intent in this report is to investigate the geometric
aspects of this wing shielding and to evaluate the possibility of using this wing
shielding effect to minimize the shock wave noise reaching the fusclage.

shock Wave Model

The shock wave model that is used in this report is presented in detail in
reference 3. This model is valid for the relatively small angles of attack,
which are characteristic of the supersonic tip sections of a high speed turboprop.
In chart 2 (ref. 3 the leading edge shock wave angle () for an attached shock
is given in terms of the deflection angle at the leading edge (0. the blade semi-
vertex angle) and the upstream Mach number relative to the blade. This geom-
etry was shown in figure 2.

Figure 4 is a sketch of the supersonic blade section and g is its angle
with respect to the centerline of the engine. The pressure and suction waves




make angles Ip and vy With the centerline of the engine.  In this geometry
Wp=Er-0p- (n

“sgﬂ-”h-“ (2'

The angle of each of the attached shocks with respect to the blade is then
obtainable by using reference 3 to determine the angles #p and Oy and
equations 1 and 2 are used to determine the angles with respect to the engine
centerline,

Shielding Geomeltry Model

The airplane geometry chosen for investigating this wing shielding feasi-
bility is shown in figures 1 and 5. In figure 5(a) the high wing airplane is
viewed head-on and the fuselage cross-section is represented by a cirele of
radius Ry The propeller has an outer radius ll0 and has its center in the
plane of the wing and at a horizontal distance h from the fuselage center.

The propeller centerline is chosen to lie along the z axis of the x-y-z coorindate
system which is shown in figure 5(b). The angle & is measured from the x
axis in a clockwise direction.

The position of both the suction and pressure waves, called 5 and P,
can be determined as veetors originating from the blade section. For ease in
determining these vectors it is assumed that no radial flows exist over the
blade surface and therefore the shock waves are in a plane which is perpendic-
ular to the blade span. Using figures 4 and 5 the two vectors can be expressed

P= |P| (-sin Yp sin & | + sin Yp COs -bj - cos ')'pkl h

$= 18| (siny, sin & 1 - sin ¥4 COS ® j - cor v k) ()

s
where | 5| and | P| are the length of vectors s and T and ;, f, K are the
unit veetors in the x, y a«wd z directions. The origin of these vectors is on
the blade at some radius r and with the blade at some angle ¢ in its rotation,

In ovder to made the problem moye tractable the assumption is made that
this shock wave which leaves the blade at position & continues in the same
direction which it started. In other words the wave continues to travel in the
plane which is perpendicular to the blade span when the blade was at angle &
and it continues to make the same angles with respect to the x, v and 2z axis.
This then enables the geometric constiruction of figure 6 and the determination
of the range ol blade angles & where the wave will strike the fuselage.



FFigure G(a) shows the range of angles where the & wave would strike an
infinitely long eylindrical fuselage. Figure 6(b) indicates the boundaries for
the P wave. As can be observed, only a small portion of a vevolution of the
blade is of concern. The angles that bound these ranges can be determined
from the airplane geometry and are derived in appendix B, The initial S
wave angle is indicated as LS the final angle as &, and Py and d’l’f are
used for the P wave angles. These angles are given by the following cquations.
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where RI’ is the fuselage radius, r is the radial location of the shock on the
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blade section and h is the horizental distance from the fuselage center to the
propeller center,

In figure 7 it is illustrated that the typical ' wave which might strike
the fuselage would impact behind the wing., Here it can be seen that the key to
minimizing the impact of these "P" waves is to cause them to pass behind
l!w fusclage. With the known angle tlrl, in the rotational plane, and the vector
I’ it is possible to calculate the projected angle of the P wave in the v-z plane.
In figure 7 this is angle 1. Returning to the vector expressions (egs. 3 and 4)
this angle is then the arc tangent of the minus v component divided by the
# component

n = tan~ ) (tan 1, cos &) (9

Therefore for a given & p it is possible to evaluate the angle at which the
wave travels aft in the y-z plane. FFrom the geometry of the airplane it is
also possible to determine the angle UPYY from the propeller for a wave that
would just pass behind the airplane. It is
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where O is the distance from the propeller plane to the rear of the fuselage,
h is the horizontal distance from the propeller center to the fuselage center and
E is the projected location of the propeller blade section in the y plane

E=ruln¢l, (11)

In theory then it is possible to choose h, the engine location, such that all
of the ' waves for &, to &, pass downstream of the airplane fusclage.
Combining equations 9, 10 and 11,

h = C tan Ypcosd, - rsine, 12

By setting the derivative of h with respect to «bl, equal to zero, the smallest
h can be ealculated so that all of the pressure waves pass downstream. This
smallest valve of h can be expressed as,

hM=1/r2 +C2 tanzyl,, (13
this occurs at an angle
LI " L e ¥ & (14)
M C tan vy,

These expressions then determine the value of h for use in future calculations
of the S wave behavior.

The situation with the "S"' wave is shown in figure 8(a). The intent here is
to have the wing swept at an angle so as to block all the 8§ waves from striking
the fuselage. The angle ¢ that an S wave makes from the propeller can be
determined knowing dg

1 cot Ys

Y = tan” (15)

cos 4'51

It then becomes necessary to determine the wing which can block these waves,
In figure 8(a) the tangent of the wing angle J can be determined to be

3
th:M (]1;"

F-Q




It is then necessary to find A, B, I and Q. G is the distance of the propeller
tip from the leading edge of the wing and is assumed known., I is the distance
in the y plane that the wave has gone when it crosses the wing, From ligure 5(h)

I QeSS (17

sin &g

where r is the radius to the blade section.
Q is the projection of the blude scction radius in the y-z plane

Q- -rsindg (18)

B is the distance the wave has progressed forward (-z divection) when it inter-
cepts the wing., Returning to figure 8w
B~ (F-Q) tan y (19

and

A= (llu - Q) tan J (20)

where R - is the outer radius of the propeller, then

(I{(J - tanJd + G+ (F - Q) tan
tan J = — (21)

(F-Q

which on rearranging gives

* 4 A . ‘\ll
PR ((. F(F - Q) tan ¢ o
F- R

Equation 22 defines the wing angle necessary to block the particular 'S
wave, It should be noted here that during portions of the rotation the "S" wave
would traverse across the top of the fuselage (see fig. 301, However, with the
high wing extending above the fuselage it is felt that this would provide the
necessary shielding in this area. It should also be noted that the concept vo-
quires that propellers on opposite sides of the airplane must rotate in opposit
directions. There is nothing that is obviously in error it this is done but ile
increase in parts caused by the oppositely rotating propellers is a definite di-
advantage.

It appears leasible in theory to configure this high wing airplane so thatthe
shock wave from the pressure surface of a blade section would pass downstreqam
of the airplane and the wave from the suction surface would be biocked by the v



Since ench section of the blade, from the tip to the sonic line, would have aii-
ferent shock wave angles and blade setting angles it may not be possible to block
all of the waves. However, it may be possible to block significant portions of
the shock waves so that the cabin noise might be appreciable reduced,

EXAMPLE

The following example illusteates how this approach might be applied to an
airplane design. A sketeh of the aivplane is shown in figure | which is 27.4 m
(90 fty long with a 27.4 m (90 ft) wingspan. The fuselage is 2. 44 m (8 ) in
dinmeter and the propellers are 2,74 m (9 1t in diameter,  The airplanc pro-
peller tips are assumed to have a relative Mach number of 1.2, achieved by
an airplane Mach number of 0,85 and a propeller votational Mach number of
0.85. The plane of the propeller is assumed to be 15,24 m (50 [ty from the
rear ol the airplane and the airplane is operating at 10.7 km (35 000 ft) altitude.

The Tirst step in working this example is to determine the shock wave
angles () with respect to the propeller blades. The blade leading edge is as-
sumed to have an included angle of 20, which makes & = 1%, The angle of attack
for these blades is typically small and for case in working the example the
shoe ¢ waves are assumed to be the same on each side of the blade (0 p=0g-
In referving to reference 3, figure 4, the shock wave will be attached to the
leading edge at incoming Mach numbers of approximately 1.1 or greater,
Therefore for this example an attempt will be made to adjust the airplane geom-
ctry so that the attached shock waves, those from the blade scctions from the
lip (M . 2) down to the blade position where M = 1.1, do not strike the fuselage.
It should he noted here that the bow type shock waves from the seetions from
M 1.1 to M= 1.0 will not be blocked from striking the fuselage. This shock
noise plus the other existing propeller noise sources may still cause an interior
noise problem. However, it is felt that by blocking the stronger attached shock
waves o significant noise reduction would be achicved.

IF'rom chart 2 of reference 3 the shock wave angles for a 19 angle are

0= 05" 59° at the tip (M = 1.2)
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POOR QU
0g=0p= 69 at the M~ 1.1 point, OF

At the tip the blade is set with the flow, which has both its circumierential
and axial Mach numbers equal to 0.85 and thus the blade tip is set at p = 15°.
At the point where the blade is traveling at M = 1,1 (0.824 I{OI. the blade is
rotating at a Mach number of 0.7 and the angle u - 39°. Using equations (1)




and (2) this then yields the following values for the shock angles

B 166 -
P AV
PAG
AR GNAL Ty
'S R Qv
tip 00? ?00?‘
Yp 150"
M-1.1
Y 72°
SMe1.1

This indicates that for all of the blade sections, the pressure waves are
propagating downstream and the suction surface waves are propagating slightly
ahead of the plane of rotation,

The next step is to determine the engine position on the wing, h, that will
cause the PP waves for all of the sections to pass downstream of the airplane.
The worst case is for the M = 1.1 point where, from equations 7 and 8,
®, 171.6° and b - 187.4°,

The ealeulated va'iue of hM is determined from equation 13 to be 8. 87 m
(29.1 t). This occurs at an angle cbl, of 187. 32 which is within the range of
¢ ,'s for this case. Therefore, it the engine is placed ¥.87 m (29.1 ft)y from
the fuselage the P waves will all pass behind the airplane.

With this calculated value of h using equations (5), (6) and (15, for the
M~ 1.1 point on the blade,

by, = 336, 9° by = 19.5"

4>5r=:152.7° b = |
and for the blade tip,

051 = 335.2° by = 15.3Y

o =351.2" Ige = 14.2°

The largest sweep angle J occurs for the initial wave at the M - 1.1
point. Using equations 17, 18 and 22, with an assumed distance G of 0,61 m
(2 fty, gives a sweep angle J of 44.4° which would most logically be in-
creased to 457,

In this example the attached shock waves, from the blade sections from




the tip down to the M = 1.1 location on the blade, have been prevented from
directly striking the fuselage of the airplane. This was accomplished by selec-
tively choosing the position of the engine o the wing and the sweep sugle of

the wing.

AN ESTIMATE OF THE ACHIEVABLE NOISE REDUCTION

The amount of noise reduction achievable from this proposed wing shielding
depends on a number of factors. These include, but may not be limited to, how
much the shock noise source is above the common propeller noise sources and
how much the shock wave might diffract around the wing leading edge. An exact
assessment of each of these factors is not presently possible. However, the
following approximations indic~tc ine possible noise reductions achievable by
this wing shielding concepc.

In reference 4 an attempt was made to predict the noise from a turboprop
operaiving at a tip relative Mach number of 1.15. The method [or this estima-
tion was an extension of sonic boom predictions to this case. The method yieldea
a predicted overall sound pressure level of 148 dB based on this shock model.
Also included in reference 4 are the predictions provided by Hamilton Standard
which do not include the presence of attached shocks, This prediction yielded
a value of 137 dB.  The difference of 11 dB is herein assumed to be the resalt
of the shock noise.  Since this shock noise is generated mostly at the tip, i is
estimated that if the shock noise from the tip section (in the example, this is from
the M = 1.1 point to tip) were blocked, an 11 dB reduction in fuselage noise
could oceur,

During the propeller rotation some portion of the suction surface shock
wave may be diffracted around the leading edge and strike the fuselage. In
order to provide an estimate of the amount of diflfraction that might occur, a
simple barrier shielding model will be used (ref, 5).

This model is for the attenuation of a point sound source by a barrvier, It
is possible that more attenuation might occur for the shock wave since it is a
more directional source, however this point source model shou'd vield a first
approximation to the attenuation by the wing.

The attenuation for this barrier model is

ji 27:Nl
attenuation = (20 lngl0 +5H]dB (2%

tanh ’V 27N 1
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where in the shadow zone

0
Nl :T Ml b Bl - dl) (24)
1
A wavelength of sound, m
dl straight line distance between source and receiver, m

Al ¥ I!l shortest path length of wave travel around the barrvier between the
source and receiver, m

For a2, 71 m (9 [0 diameter, 10 bladed, propeller operating at o rotational
Mach number of 0, 85 the blade pass.co tone would occur around 300 hervtz, The
harmonics would be multiples of this trequency, 600, 900 hertz, ete. The
least attenuation would occur at the lowest froqueney (BUEF) so this is taken as
the worst ease situation,  For a standard atmosphere ot 10,7 km (35 000 ft)
the speed of sound is (297 m/sec) which gives a wavelength of the 300 hertz
tone as 0, 988 m (3, 24 1),

The difference in path length for a diveet path and the diftracted poth
lAl + BI - dll is a variable for different portions of the propeller rotation,

For this estimate the average position "'5 of the propeller when its wave might
strike the fuselage is taken as 244, 8" for the attached shock at M = 1.1 an¢l

a suction shock wave angle, ' s of 72, The following values can be caleulated
using the direction cosines of the S sector from equation 4, The distance,

«11. to the fuselage is 8, 03 m (26,36 {t) and the distance around the wing leading
odge, A! . “I' is 85.13 m (26,67 fu. The caleulated value of Nl then becomes
0,193, The substitution of this N, into equation 23 viclds a predicted attenu-
tion of approximately 8 dB.

It should be noted that this 8 JdB attenuation of the BPF is for the average
propeller position where the shock wave would strike the fuselage., At some
positions this attenuation would be less and at other positions more than this
value, Also the attenuation would be greater for the higher hamonics of the
tone (2 ¥ BPF, 3 ¥~ BPF, ete.). It should also be noted that some shiclding of
the nonshock related propeller noise sources would also occur. In this sectio
estimates of the shock noise predominance over the other propeller sources
and estimates of the diffraction ol the blocked shocks have been used to give
an indication of the noise reduction possible from this wing shielding concept.
These estimates indicate that the noise reduction possible by wing shiclding
of the fuselage from the propeller shocks is of the order of 8 to 10 dB.




11

CONCLUDING REMARKS

The intent of this report was to show the feasibility of preventing portions
of the shock waves, that are attached to supersonice tip speed propellers, from
reaching an airplane fuselage. This was accomplished on a uigh wing airplane
by loecating the engine on the wing so that the shock wave associated with the
pressure surface of the blade, passes downstream of the airplane. The shock
wave on the suction side of the blade is then blocked by properly sweeping the
airplane wing, An example was worked where the attached shock waves for a
propeller were shielded from directly striking the fuselage. In this example
it was not possible to block all of the unattached shock waves nor were the
ather noise sources associated with a high tip speed propeller prevented from
reaching the fuselage. In addition, diffraction around the wing may limit the
amount of reduction possible. However, an estimate for this example indicates
that 8 to 10 dB noise reduction may be possible. In addition, for this example,
raising the centerline of the propeller above the wing or adding a vertical fence
to the wing between the fuselage and the propeller would probably block even
more of the shock waves. In any case, the concept of preventing portions
of the blade shock waves from hitting the fuselage appears feasible and if ac-
complished, significant reductions in the airplane interior noise might be
achieved,
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APPENDIX A O¥

LIST OF SYMBOLS
distance, in addition to G, that wing is behind the propeller at the pro-
peller scetion where the shoek wave is originating (fig., S(an

shortest path length of wave travel over the barrvier between the source
and receiver (eq. 24

distance measured in the 2 divection from the intersection ol the shock
wave with the wing leading edge to the plane of the propeller fig =

distance from plane ol propeller to rear of fuselage (fig. 7
straight line distance between source and rveceiver (eq. 24)
projected location of propeller blade in y-z plane (eq. 11, fig. T

distance from intersection of shock wave with the wing leading edge to
the - Uer centerline in the v divection (fig. 8

dic:uece from wing leading edge to propeller plane at the closest point
in the 2 direection (fig. 8(a)

horizontal distance from fuselage center to propeller center (fig. 5o
unit vectors in the x, y, z directions

wing angle measured from fuselage centerline (fig. 8(an

upstream Mach number with respeet to propeller blade (fig. 2
barrier attenuation parameter (eq. 24)

pressure surface shock wave vector (eq. 4

projected location of propeller blade section in yv-2z plane (lig. St
fuselage vadius (fig. 5a)n

outer radius of propeller (fig 5a))

radius of a point on the propeller (fig., 5(bn

suction surface shock wave vector (eq. 4

coordinate system fixed at propeller axis (lig. 5(h)

pressure surface shock wave angle with respect to engine centerline
(fig. 4

suction surface shoek wave angle with respect o engine centerline
(fig. 4

half angle of blade leading edge wodge (fig., 2)
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angle in y-z plane of pressure surface shock wave with respeet to
propeller centervline (fig. 7

the angle 1 that would pass downstream of airplane (fig. T
shock wave angle with respect to blade eenterline (fig. 2)

pressure surface shock wave angle with respeet to blade centerline
(fig. H

suction surface shock wave angle with respect to blade centerline
(fig. H

loading edge shoek wave angle with respect to blade centerline (fig. 2)

trailing edge shock wave angle with respeet to blade eenterline (fig.

wavelength of sound (eq, 24)

angle of blade section with respect o engine centerline (fig. 1

angle of rotation for a propeller blade (fig. 50

propeller rotation angle when pressure surface shock wave would last
interseet the fuselage (fig. 6)

propeller rotation angle when pressure surface shock wave would lirst
intersect the fuselage (fig, 6)

propeller rotation angle when suction surface shoek wave would last
intersect the fuselage (fig. 6)

propeller rotation angle when suction surface shock wave would first
interscet the fuselage (lig. 6)

angle in y-z plane of zoetion surface shock wave with respect to pro-
peller plane (fig. 8(a))
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APPENDIX I QUALITY
SOLUTIONS FOR INITIAL AND FINAL BLADE POSITIONS

Solution for 'bsl
The geometry for this for this solution is found in figure B1. The dotted
line :E indicates the shock wave plane which is tangent to both the fuselage
and propeller circles. A line ak is drawn parallel to this wave from the
center of the propeller disc to the extension ol the radius of the fuselage.
Two angles which have their sides perpendicular to each other are equal.
Therefore since la is perpendicular to ta and Ka is perpendicular to da then

<lak = <dat (where < indicates an angle)

<dat = 27 - &,

8

&, = 2r - <dat = 27 - <lak
Si

<lak = <lab + <bak

Ry * 7
<bak = sin”} {
R + b
It
“lab - l.:m—l i,
h
Therefore
R R, +1
& =2x - tan" ! =L - gin~! [ —
bi h

solution for & St

The geometry for this solution is found in figure B2, As in the solution
for d’b‘j' angles with mutually perpendicular sides are equal so

<dat = <lak

S50

$,. =2r- <lak




R
ab= tan” ! I
h
R.-1r
<kab = gin™! i
U]
|{i' h~

18]

R R.= 1
by = 27 - tnn"(—') + sin~) {
s
{ h f-\; R +h°

Solution for ¢
I’!

The geometry for this solution is found in figure B2, As hefore angles
with mutually perpendicular sides are equal.

<lak = <dat

b, =1-<lpk

Py

<lak = <lab + <bak

R.
<lab = l:m'l _.t)
h

/

- Rp=r
<bak sln-l( !

- —

5.
AfRg b

RA\ R, - r
., =n-tan~? L) - gin~! ——--——._._r =
I’i h 4 ' 0 0
v Ry Ao
ity

/

Solution for & p
[

The geometry for this solution is found in figure B4, As hefore angles
with mutually perpendicular sides are equal,
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<lak = <dat

"'l’f' 1+ <lak URIGI.’\'AL p
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QUAY Py
<lak = <bak - <lab

R,
<lab = um"l ki
h

LR
<bak = s‘n-l _—l_——-—

0 D ]
1/ Ry +h”

R “f *r

e 1

- tan” ' — 4 sin | ———

h I\f 2 2
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Figure 3, = Suction surface shock wave impingement,
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Figure 4, - felation of shock angles to engine center line,
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) Propelier coordinate system,
Figure 5, = Airplane geometry,

@) Suction surface wave,

- Rotatio:

! Pressure surface wave.
Figure 6. - Propelier blade psitio 18 for initial and final impingement

of shock waves,
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Figure 7. = Geometry to prevent pressure surface
shock wave impingement on fuselage,
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1a) Projection in y=7 plane.
Figure 8. - Suction surface shock wave geometry.
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Figure Bb. = Projection in x, y plane.



Figure B4. - Solution for o,
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