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FOREWORD

The investigation described in this
- report was performed by TASC during the
period from March 17, 1976 to November 1,
1977 under Contract No NAS1-14385 for the
National Aeronautics and Space Admini-
stration. The Navigation and Guidance
Research Branch of the Flight Instrumenta-
tion Division sponsored this work as a
contribution to the VTOL Approach and
Landing Technology (VALT) Program. Dr.
David R. Downing Served as Technical Monitor
for this contract. N

The study was directed by Dr. Sol
W. Gully and by Dr. Robert F. Stengel.
Engineering investigation was ‘conducted by
Mr. John R. Broussard- and Mr. Paul W. Berry,
who were assisted in computer program develop-
ment by Mr. Michael R. Burns. Dr. Michael
Athans, Professor of Electrical Engineering
at the Massachusetts Institute of Tech-
nology, served as technical consultant. Dr.
Michael G. Safonov, who was a graduate
student at MIT, participated in the develop-
ments in Appendix B.
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ABSTRACT

Methods for and results from the design
and evaluation of a digital flight control system
(DFCS) for a CH-47B helicopter are presented.

The DFCS employs proportional-integral control
logic to provide rapid, precise response to auto-
matic or manual guidance commands while following
conventional or spiral-descent approach paths.

It contains attitude- and velocity-command modes,
and it adapts to varying flight conditions through
gain scheduling. Extensive use is made of linear
systems analysis techniques -- the DFCS is de-
signed using linear-optimal estimation and control
theory, and the effects of gain scheduling are
assessed by examination of closed-loop eigenvalues
and time responses. Simulation evaluation of the
DFCS permits direct comparison of alternative
navigation, guidance, and control philosophies,
confirms the practical merits of the DFCS design
approach, and demonstrates techniques which will
aid the development of future guidance and control
systems.
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1. INTRODUCTION

1.1 BACKGROUND

Vertical Take-Off and Landing (VTOL) Aircraft are
able to operate from small landing areas and in the vicinity
of natural and man-made obstacles which would prevent the
operatons of conventional aircraft. This capability can be
used only if navigational information is adequate to identify

safe and efficient flight paths, if guidance strategies can

keep the vehicle on its intended path, and if control laws

stabilize the vehicle and provide satisfactory response to
guidance commands throughout the flight envelope. To perform
these functions in all weather and with aircraft whose un-
augmented flying qualities may be marginal (due to turbulence,
low airspeed, steep flight paths, and/or configuration de-
sign), some degree of automatic control is required. Fully
integrated navigation, guidance, and control can ease the air
crew's workload, allowing more time to conduct the executive
functions of mission management which are crucial to effic-

iency, safety, and on-time performance.

Digital systems employing adaptive concepts can be
of great value in achieving the improvements in VTOL flight
controls that are necessary for future operations. Digital
logic facilitates many features which are desirable in ad-
vanced control systems -- e.g., branching, mode switching,
gain changing, multi-loop closures, integration, multipli-
cation, and division -- and digital control laws are readily
interfaced with navigation and guidance logic. Flexibility
for design, testing, and service modification is unmatched by

a comparable analog system, which is fixed once its components
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and circuit connections are defined. The control system's
ability to adapt to dynamic variations is particularly'impor-
tant for VTOL aircraft, which may undergo configurational
changes as well as large flight-condition variation during
hover/cruise transitions.

The purpose of this investigation is to further im-
prove the gain-scheduled digital controllers and estimators
developed by TASC under a previous contract (Ref. 1), and to
evaluate these digital controllers and estimators in a real-
istic helicopter simulation. The output of this contract con-
sists of controller and estimator structures and gains for use
in the NASA VTOL Approach and Landing Technology (VALT) air-
craft test flights.

Significant features of the VTOL digital control
design process, which are addressed in Ref. 1 and this report

includes:

° Unified design of multi-input/multi-
output command-response systems

. Design of discrete-time controllers
to continuous~-time specifications

® Selection of digital sampling interval

° Design for rate-and displacement-
limited actuators

° Explicit adaptation to flight con-
dition and vehicle configuration

° Links between classical response cri-
teria and modern design techniques

° Implementable filters designed using

Kalman filter techniques and blending
diverse sensor outputs.

1-2
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' Direct evaluation of control system
response on time-varying flight paths.

The following sections of this chapter review the
project structure, provide an overview of results, and out-
line the organization of this report.

1.2 PROJECT STRUCTURE

The VTOL Approach and Landing Technology (VALT) Pro-
gram of the National Aeronautics and Space Administration is
developing a technology base for the navigation, guidance,
control, display and flight management requirements of VTOL
short-haul transportation systems in the 1980's time period.
This program requires the development of a navigation, guid-
ance, and control (NGC) system that permits automatic flight
along complex four-dimensional (space and time) mission pro-
files from takeoff to landing under all weather conditions.
Flight tests will be conducted at the NASA Wallops Flight
Center using a CH-47B Research Aircraft, as shown in Fig.
1.2-1. This helicopter will contain standard air data sen-
sors and gyroscopic instruments for control system measure-
ments. Control logic will be executed in a digital flight
computer, and control commands will be transmitted to the
helicopter's mechanical control linkages by hydraulic actua-
tors.

The VALT Research Aircraft, a tandem-rotor medium
transport helicopter, provides a good baseline for NGC demon-
stration and evaluation. Its size is represeﬁtative of future
passenger-carrying VIOL aircraft, and its climb and descent
performance is adequate for terminal-area operational studies.

1-3
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Figure 1.2-1 VALT Integrated Flight Test Facilities

Prior use of this aircraft in the United States Army's Tactical
Aircraft Guidance System (TAGS) program provides flight test
results for comparison and flight-rated equipment for applica-
tion to this NASA research.

The present investigation contributes to VALT Program
objectives and has been organized to provide both theoretical
and practical results to aid the design of fully automatic VTOL
navigation, guidance, and control systems. In the course of
this work, new techniques have been developed for the design
of digital set-point regulators, and a powerful method for
explicit adaptation of control gains to predictable variations
in system dynamics has been demonstrated. The latter is an
extension of conventional gain scheduling techniques which
does not require (but is aided by) prior knowledge of the
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parameter sensitivity of the system to be controlled. By using
optimal control theory, system stability margins are assured
from the outset, and attention can be centered on command re-
sponse and disturbance rejection. Sampling intervals of the
digital system can be chosen on the basis of system perform-
ance, and the dynamic structure of the discrete-time control
laws including integral feedback paths, provides the flexi-
bility to compensate for computation delays. Consideration
of rate and displacement limits of control actuators in the
design process leads to low control gains, which in turn re-
duce control sensitivity to aircraft parameter variations and
system nonlinearities.

This project extends the work described in Ref. 1 in

the following areas:

° Control Law Improvement

° State Estimator Improvement
° Guidance Law Implementation
° Evaluation Tool Development
° System Evaluation.

These elements are summarized briefly. The control laws are

improved because they now are implemented in incremental form.
This eliminates the need for complex and error-prone trim

state and control calculations. Response is improved by opti-
mal feedforward command. These improvements are discussed in

Refs. 2 and 3. The state estimators are completely revised,

with the new versions based on discrete-time Kalman filter
techniques. Wind and selected sensor errors are estimated to
improve the quality of the state estimates. The implementa-
tion of velocity and spiral guidance laws is examined, and

1-5



THE ANALYTIC SCIENCES CORPORATION

all laws are placed in a common framework. A new computerized

evaluation tool, deécribed in Ref. 4, is developed and it is

used to perform a series of gystem evaluation runs, which are

discussed in Ref. 5 and this report.
1.3 OVERVIEW OF RESULTS

The development of the control laws demonstrates that

modern control theory provides a unified, easily understood
basis for practical control system design once the necessary
design tools are developed. A principal advantage of the de-
sign approach is that the necessary control structure is vis-
able at an early stage of the design process. All state con-
trol paths are determined, allowing the designer to evaluate
the relative importance of each. Adjustable design parameters
are provided which have a direct and predictable effect on
system response. The resulting control:-laws provide precise

and efficient command response for VTOL aircraft.

The filter designs developed in this work utilize

digital Kalman filter techniques to derive angular and trans-
lational complementary filters. These filters are straight-

forward in implementation, yet complete in their use of all

available instrumentation. They are analogous to low-pass and
complementary filters of the type extensively used in con-
ventonal aircraft systems. The system evaluation results in-
dicate that the filters effectively combine sensor information

Lo create state estimates for controller use.

Examination of the cartesian position and spiral
guidance laws has shown that either can be used as the VALT
guidance law. Either velocity or attitude command vectors can

be formed as control command, and specific spiral guidance
results are shown.
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The helicopter simulation developed in this work is

described in Ref. 4 and is used to generate the simulation
results presented in this report. The simulation incorporates
a realistic flight computer executive structure, along with
complete helicopter, sensor and actuator modgls.

1.4 ORGANIZATION OF THE REPORT

Each of the next three chapters is directed to a
specific phase of the control system design and evaluation.
Chapter 2 presents the foundations of helicopter control sys-
tem design and provides an overview of the various parts of
the digital flight control system. Chapter 3 details the
control system design procedure, and discusses the design
model, as well as the controller and estimator design pro-
cedures. The guidance structures are presented in forms
suitable for implementation with the controllers developed in
this report. Chapter 4 evaluates the performance of the
digital flight control system by using the evaluation program
constructed for this purpose. The controller designs are
compared, and the state estimation time histories are illus-
trated. The performance of the complete digital flight con-
trol system in the presence of sensor noise, actuator and
rotor dynamics and wind disturbances is examined. An example
of a spiral descent entry is used to illustrate guidance
control interaction. Chapter 5 summarizes the major conclu-
sions of this project, and suggests areas where further work
is necessary to solidify preliminary results.
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2. CONTROL SYSTEM OVERVIEW

The controi system'design presented in this report
is an advanced digital flight control system (DFCS) which
stabilizes the vehicle at all flight conditions while accom-
modating guidance commands from a trajectory generator. The
DFCS is composed of a digital proportional-integral control
law which accepts commands from an automatic guidance law and
processes vehicle state information from digital filters for
stability. A block diagram of the DFCS is shown in Fig. 2-1.

R-23971

VALT NGC COMPUTER
[rm————— e —
| GuIDANCE ™y VEHICLE
| coMMAND o MOTION
DIGITAL
CONTROLLER

DIGITAL FILTERS <

P G e G —— e W Gt a—

Figure 2-1 VALT Digital Flight Control System
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2.1 VEHICLE, STATE AND CONTROL CHARACTERISTICS

The VALT Research Aircraft shown in Fig. 2.1-1 is a
medium transport vehicle (CH-47B helicopter) which carries
payloads up to 4000 kg (8800 1b) (approximately 30 passengers)
at its normal operating weight of 15,000 kg (33,000 1b). It
operates at indicated airspeeds up to 82 m/s (160 kt).

Lateral and aft velocities are limited to 18 m/s (35 kt) and
15 m/s (-30 kt), respectively; normal cruise speed is 72 m/s
(140 kt). Maximum service ceiling is 4270 m (14,000 ft).

R-19956

99 tt 0 in
{30.18 m)

—
(- — ] —
cg\‘ 18 7.8 in Y B
(5.68 m)
e 0 90
w«mmm\\\ TERRRGRLRRA N W
AT P — 101160 ! i
115,54 m) (3.20 m)

Figure 2.1-1 Basic Features of the VALT
Research Aircraft
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Neglecting disturbance inputs, the nonlinear equa-

tions which govern vehicle motion can be described by the

vector differential equation

(2.1-1)

x(t) = £[x(t), u(t)]

For the rigid-body control problem assumed in DFCS design,
the state vector contains 3 components each of translational

rate, angular rate, and attitude,

X -

T - [ﬁ, v, W, P, q, ¥, ¢, 6, ¢]

(2.1-2)

The states (u, v, w) are body-axis velocites, (p, q, r) are

body-axis rotational rates, and (¢, 6, ¢) are Euler angles of
The

the body axes with respect to an Earth-relative frame.
control vector includes differential collective, gang collec-

tive, gang cyclic and differential cyclic rotor deflections:

(2.1-3)

These four primary control variables provide control moments
Horizontal

about all three axes, as well as vertical force.
forces are obtained by tilting the entire vehicle to provide

a component of rotor lift in the desired direction.

The total state and control can be divided into nom-

inal and perturbation components,

= x (t) + ax(t)

x(t)
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leading to a first-order Taylor series expansion of Eq. 2.1-1:

x,(t) = £ [x,(8), u (0) ] (2.1-6)

Ax(t) = F(t)ax(t) + G(t)Au(t) (2.1-7)
where

F(t) = 52 £ [2,(8), u (t)] (2.1-8)

G(t) = 59— £ [x,(£), u ()] (2.1-9)

F(t) and G(t) are slowly varying functions of time and actually
are explicit functions of the flight condition rather than
time. Specifying the perturbation matrices F and G at specific
points in the flight envelope rather than along a specific
flight profile allows for control laws based on linear-time-
invariant models of the aircraft,

AX(t) = FAx(t) + GAu(t) (2.1-10)

Equation 2.1-10 leads to the design formalism used in the DFCS
construction. The control law is designed at a finite number
of points in the flight envelope; regression analysis is then

used to schedule the control law gains. Storing control gains
as functions of flight variables enables the control law to be
used for any flight trajectory, provided the flight points
used in the design are sufficiently representative of expected
operating conditions. Examining control law performance with
the scheduled gains is an important part of the control law

evaluation.
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Since the control law is designed using perturbation
variables, it would seem that the nominals, go(t) and §o(t)
would be involved in the implemented control logic. Techniques
for incorporating the nominals follow the same line of reason-
ing as the control gains (Ref. 1), i.e., scheduling nominals
with flight conditions. An alternative to calculating the
nominals is to exploit the relationship between nominals and
perturbation system steady state in the construction of the
digital control law algorithm. This results in a control law
which does not use nominals and is based on the incremental
form (Refs. 6 and 7). Testing the behavior of the incremental
form in time-varying simulation and in flight is an important
system evaluation. '

2.2 CONTROL LAWS

Two different types of control laws are used in the.

+

design: the proportional integral (P1) controller and the
proportional integral filter (PIF) controller. Both control

laws are designed using modern control theory. The PI con-
troller has a more common structure employing direct feedback
of state and command error integrator information to the
vehicle actuators. The PIF controller uses a more complicated
structure with a digital filter interfacing between state and
integrator feedback and vehicle actuators. The compensator
attempts to improve high frequency noise suppression without
compromising control design specifications (Ref. 8). Com-
parisons of the VALT DFCS performance under the two control
laws will indicate whether the increased control complexity of
the PIF is warranted.

PI and PIF controllers both have the Type 1 or inte-

gral property. The Type 1 property insures that as long as

thq system is stable, the control laws will force the vehicle
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to track constant guidance commands with zero steady state
error. New digital proportional-integral relationships were
derived because adequate theoretical results using optimal
control could not be found in the open literature. These re-
sults are reported in Appendix B.

PI and PIF both weight the control rate in their
quadratic cost functions. The control rate restraint is be-

lieved to manifest itself as modest control gain magnitudes,
i.e., increasing the control rate weighting decreases the gain
magnitudes. Optimal control requires full state feedback to
all controls, however, we have investigated eliminating feed-
back paths with "small" gains. Evaluating the effect of
zeroed gains occurs concurrently with the gain scheduling
evaluation. Zeroing gains is considered a part of the gain
scheduling procedure.

2.3 GUIDANCE LAWS

Two automatic guidance laws are used to evaluate the
DFCS in simulation; a velocity guidance law designed in Ref. 9

and a spiral guidance law designed in Ref. 10. The velocity

guidance law forms nominal and perturbation vehicle position
and velocity in earth-relative axes and constructs three
commands consisting of downrange, crossrange and vertical
velocities. The spiral guidance law forms vehicle nominal and
perturbation true airspeed, crossrange position, yaw angle and
time and constructs three commands; roll angle, longitudinal
specific force, and vertical velocity.

The PI and PIF control laws require four commands

- because there are four available controls, hence, yaw angle is
added to the two guidance law command sets which are sent to
the control law. Wind estimates, when available, are used
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to adjust the yaw angle command so that the projection of the

body x-axis lies along the air-relative velocity vector.
2.4 COMMAND MODES AND DESIGN CRITERIA

The assumed command input to the PI and PIF control
laws do not conform exactly to the time varying commands
issued from the guidance laws. Appropriate logic is used to
correctly interface the guidance law and the control law. The
control design assumes commands, Ygq» are either attitude
commands or velocity commands. For the attitude command, 3
Euler angles and vertical velocity are specified, i.e.:

va' = [0, 8, ¥, V,] (2.4-1)

For the velocity command, yaw angle and the translational
velocity components (expressed in an earth-relative frame
oriented with the initial yaw angle at zero) are dictated, or:

vg' = [V, Vg, Yy, ¥] (2.4-2)

The criteria used in the controller design process is
to individually step each of the commands and require that the
system response to the commanded variable fall within an ad-
missible transient response envelope. The:-key design bounds
are on rise time, overshoot, and settling time. The design

specifications for the velocity system are

e Vz Command:

Rise time criterion: Amplitude >90% of
the final value
within 2 sec
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Overshoot criterion:

® \Y

< Vy Commands:

Rise time criterion:

Overshoot criterion:

® ¢ Command:

Rise time criterion:

Overshoot criterion:

Settling time
criterion:

Overshoot <59% of the
final value for
O<Vx<10 kt

Overshoot <20% of the
final value for VX>40 kt

Amplitude >80% of the
final value within
5 sec

Overshoot <(4+.4VX)%
of the final valu€ for
O<Vx<40 kt

Overshoot <20% of the

final value for
Vx>40 kt

Amplitude >90% of the
final value within
1.8 sec

Overshoot <15% of the
final value

Amplitude within 5%
of the final value in
5 sec or less

No settling times are specified for the velocity commands.

For the attitude command system the specifications are:

° Angle Commands: 6, ¢, U

Rise time criterion:

Overshoot criterion:

2-8
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Settling time Amplitude within 5%
criterion: of the final value in
5 sec or less

° Vz Command: Same as the velocity system

An important concept investigated during the DFCS design is:
Does the step response criteria provide sufficient information
for specifying or defining the desired optimal control cost
function weighting elements?

Although closed-loop pole locations are not speci-
fied, the pole locations are computed and are used to aid in
the choice of cost function weighting matrices. Mapping
discrete-time poles into the left-half complex plane enable
MIL-F-83300 (Ref. 11) to be used as a guide. Design specifi-
cation parameters used include damping ratio, frequency and
the inverse of a real root (time constant).

2.5 STATE ESTIMATORS

The control laws and the guidance laws require esti-
mates of the nine rigid body states and three components of
aircraft position. In addition, any estimate of the slowly
varying atmospheric wind greatly aids gain scheduling and
guidance law performance. The use of the aircraft perturba-
tion system in Eq. 2.1-10 as an internal model (or bank of
internal models) in the design of the estimators was rejected

early because it was too complex.

The approach taken is to combine the sensors that

measure states in each of the three groups (velocity and po-

sition, angular position and angular rates) and design esti-

mators for each group. The internal model states for each

estimator are simple random walks, markovs, and integrations
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driven by white noise. Kalman filter theory is used to design
the estimator gains which, in some cases, are scheduled with
flight condition. The estimators are designed separately from
the control and guidance laws (Ref. 12).

An important consideration in estimator design is the
degree of complexity required in the state estimators, as well

as the number of sensors required. Two approaches to the
velocity filters design are pursued, one being more complex
that the other. In addition, two types of ground-based landing
aids are used in the velocity filter design with one landing
aid providing more information in order to provide comparative
results.

2.6 TRIM AND STEADY STATE

Control laws are possible in incremental form because
of the relationship between the nonlinear aircraft model
quasi-static trim and the linear aircraft model's steady
state. That is, for a constant command,

Yq = hix) (2.6-1)

the aircraft is in quasi-static trim if, given Y4 » there is a
u, which satisfies Eq. 2.6-1 and ©

0= f(x, u) (2.6-2)

%60 Yo

Techniques for finding u, are discussed in Ref. 13. For a
linear system, steady state is given by

FAx" + GAu (2.6-3)

o
i

Ay, = Hpm_f (2.6-4)
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and the Au” which satisfies Eqs. 2.6-3 and 2.6-4 can be found
from

o2

F G| [ax” 0

~| = A (2.6-5)
HpO Au’ I *d

The matrix Hp is the linearized version of h in Eq. 2.6-1 and

for small increments in V4o Hp satisfies,
Yq = ¥g * Ay = h(x,) + H Ax ) (2.6-6)
Defining the inverse of the composite matrix,

F G -1 - S S

11 *"12
= . . (2.6-7)
Ag* and AE* can be found from
AX = Sy, Ayy (2.6-8)
Au. = S,, Ay, _ (2.6-9)

The inverse existing in Eq. 2.6-7 is a sufficient requirement
for constructing a proportional-integral controller and indi-
cates why the commands and controls should be equal.. Using
Egs. 2.6-8 and 2.6-9, the linearization produces

s
"

X =X, tAx X, + 512 AXd (2.6-10)

”»
u + Au
=0 =

1

for small changes in the command.
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We will now demonstrate how Egs. 2.6-10 and 2.6-11
can be used to eliminate the use of trim in a perturbation
control law using the incremental form.

The incremental form for the simple perturbation reg-
ulator

Auyp = KAx, (2.6-12)
is obtained by subtracting Ay _; from Auy,
Rewriting Eq. 2.6-13 using trim and total values we have

u,, = u + K(x,,-X ) + (u - u )-‘K(x - X )
-k = =k-1 =k =k-1 O “Op.1 =op  Top 3

(2.6-14)

Using Eqs. 2.6-10 and 2.6-11, Eq. 2.6-14 reduces to the reg-

ulator incremental form,
S T Bgep FOK(eRgog) + (Sp7KSyp) (3 ¥ )
(2.6-15)

The regulator incremental form does not use the trim value,
whereas the regulator position form does, i.e.,

u = u
-k -0

+ K(xp-x, ) (2.6-16)

k k
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Unfortunately, the regulator incremental form "loses its place"
and proper tracking of Y4 is not guaranteed. Integral compen-
sation eliminates this drgft problem in PI and PIF as discussed
in Section B.4.

2.7 CONTROL SYSTEM DESIGN AND EVALUATION PROGRAMS

Three computer programs are used in the DFCS design
and evaluation: DIGADAPT, SCHED and TVHIS. The programs
DIGADAPT and SCHED were originally documented in Ref. 14 but
have been updated. DIGADAPT is used to design the constant
gain PI and PIF control laws at a flight point and to perform
closed-loop eigenvaues/eigenvectors and step response simula-
tions using perfect measurements. The Kalman filter gains are
also found with DIGADAPT. SCHED performs the gain regressions
using standard IBM regression analysis subroutines. TVHIS
simulates guidance, control and estimators using tiﬁe-varying
perturbation dynamics (Eq. 2.1-7) along either of two stored
trajectories; the spiral descent and the approach trajectory.

Any of the options previously discussed can be chosen and com-
bined in TVHIS for a simulation evaluation along either of the
trajectories.
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3. DIGITAL FLIGHT CONTROL SYSTEM DESIGN

The synthesis of a digital flight control system
(DFCS) for the VALT Research Aircraft is presented in this
chapter. The system is designed to augment aircraft stability

throughout the maneuvering envelope and to provide precise re-
sponse either to pilot or to automatic guidance commands. The
DFCS design employs new techniques in discrete Kalman filter

construction and discrete proportional-integral command system

formulation.

By and large, current control design practice treats
each aircraft axis separately in preliminary design, using
"prior art" to define control structures and "tuning" the sys-
tem (including the addition of selected nonlinearities and
crossfeeds) during a program of exhaustive testing. The DFCS
design takes the opposite approach, by first defining the
gain-scheduled, coupled-control structure which is required to
satisfy step response design criteria throughout the air-
craft's maneuvering envelope and then using the testing phase
to simplify the controller as appropriate. The advantage of
this approach is that control system requirements are visible
at an early stage of system development. Testing is required
in either approach; however, the VALT DFCS design relies less
on the designer's intuition and more on quantitative measures
of system performance.

The chapter starts with design models, sensors and
flight conditions for the control and filter designs. The
sampling‘interval is identified and the filter designs are
presented. The velocity filter has six different forms
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depending on filter complexity and the type of landing aid
employed. The chapter continues with the presentation of the
proportional integral (PI) and proportional-integral-filter
(PIF) control law designs. PIF is designed for both types of
automatic guidance (attitude and velocity) while the secondary
control law, PI, is designed for attitude only. The method-
ology used for gain scheduling is outlined and the automatic
guidance algorithms are detailed. The chapter concludes with
an overview of the recommended flight computer software for
onboard implementation.

3.1 DESIGN MODELS OF THE AIRCRAFT

The design model of the helicopter for the attitude-
command and velocity-command primary (PIF) control laws is
represented by the linear-time-invariant differential equation

_A:;_g(t)- F G o] -A>_~:(t)- 0] 0]

au(t) | = (o o of |au(e)| + 1| av(e) + |o Ay 4(t)

AE (t) H, 0 Of |ag(t) 0 I
-7k ai e "< (3.1-1)

where A() indicates a perturbation variable. Equation 3.1-1
is obtained by local linearization of the helicopter's non-
linear model (Ref. 1). The state, control, and command per-
turbations (Ax, Au, and Axd) correspond to the previous total-
value definitions, A, represents "command integrator states"
to be added in the control system, and Av is the control rate.
The helicopter's kinematics, stability derivatives, and in-
ertial effects are contained in the (9%x9) matrix F and the
control derivatives are contained in the (9x4) matrix G, as

in Ref. 13. 1In symmetric flight, F and G contain aerodynamic
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coupling but otherwise partition into the conventional
longitudinal and lateral-directional equation sets. In
turning flight, F and G also contain certain turn-induced
coupling terms.

The design model of the helicopter for the secondary
control law (PI) is similar to Eq. 3.1-1, except that the com-
mand integrator state vector is removed, i.e.,

AX(t) F G Ax(t) 0
. = + Av(t) (3.1-2)
au(e)| lo ol jau(t) I

The Type 1 command property is obtained with this model even
though an explicit integration of command error is not incor-
porated in the design aircraft model. The conditions for a
digital control law to have the Type 1 property are given in
Appendix B.

A distinction is made between the design model of the
helicopter described here and the "truth model" used for con-
trol system evaluation. The design model portrays the rigid-
body states for feedback information. The "truth model" aug-
ments the design model with details of the state estimators,
rotors, actuators, and sensors. If there is an unacceptable
disparity between results obtained from the two models, the
design model must be augmented accordingly; that has not

proved necessary here, as will be demonstrated in Chapter 4.
The (4x9) matrix HP in Eq. 3.1-1 transforms the per-

turbation state vector to command-vector coordinates. For the
velocity-command law, the transformed total command state is
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FVX Hg ' 0 ' 0 U]
1 ] v
Y (3x3) ' (3x3) ! (3x3) g

y= | T} =] bommmmee dmmmmes = h(x)
0 + 0 . 001 p
VZ l i 1
(1x3) . (1x3) r
\ ! | ¢
L L . 8
[ V| (3.1-3)

where Hg is the body-to-earth relative Euler angle transfor-
mation shown in Appendix A. Since Hg varies with the Euler
angles, the perturbation velocity transformations must in-
clude this sensitivity to (A¢,A8,AY).:

Ay = HPAg
E | I E~ '
= [0S o ' -mES L
S ' (3.1-4)
o ,0 ., 001

where GB is the cross-product equivalent matrix of the
body-axis velocities (no wind),

GB = w 0 -u (3.1-5)

and LB transforms Euler angle perturbations to body-axis
coordinates (see Eq. 3.3-16). It is important to include
H%GBLB in HP’ as the angle perturbations have a significant
effect on the earth-relative velocity perturbations; velocity-
command controllers which neglect this term will experience

difficulties when implemented on the actual helicopter.
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The total command state for the attitude-command law
is

o ) o ! o 0 | [u]
] (3x3) | (3x3) L 3x3) | v
y = = | -mmee- oeeeae PR “ (3.1-6)

¥ HE ! 0 1 0 D

| | q

_sz _(IXB)] (1x3) n (Ix3) | {7

0

0

||

where the last row in Hg is used. The perturbation attitude
Hp includes the same sensitivity to the Euler angles with VZ

as the velocity command system,

0 ! 0 I 1
| |
(3x3) ; (3x3) 1 (3x3)
Ay = Rt m=----- AX (3.1-7)
E [ E~
HB : 0 I-HBVBLB
(1x3) ; (Ix3) ' (1x3)

The design models given by Eqs. 3.1-1 and 3.1-2 are
linear and time-invariant, but the dynamics of the helicopter
change a great deal during the course of a typical flight;
therefore, it is necessary to specify F, G, and H_ at enough
flight conditions to characterize the helicopter's flight
envelope. A constant-coefficient control law is computed at
each condition, and the resulting control gains are scheduled
(with flight conditions) for on-board implementation. In the
current case, the helicopter model has been defined at 28
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flight conditions representing the following range of flight
variables:

VERTICAL VELOCITY (ft/min)

Forward airspeed:

Climb rate:

Turn rate:

0 to 82 m/s (160 kt)
2.5 to -5.1 m/s (+500 to -1000 fpm)

0 to £ 0.1 rad/sec

Working points for control system design are shown in
Fig. 3.1-1; they are clustered in the vicinity of level flight
and the spiral descent approach maneuver.

E \E R—31208
£ E =
1000~ g o E 1000 5 .
V¥ =+ 0.05 rad/sec = Y= 20.1 rad/sec
soof 25} O 00O £ sl 2sf OO0
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Figure 3.1-1
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Design Points for Control System Design
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The control system is to operate digitally, hence a

control and measurement simplégg_iggggval must be specified.

To minimize computational burden, it is desirable for the con-
trol sampling interval to be as long as possible; however, f
between control commands, the helicopter is running "open-
loop", i.e., errors between the desired and actual states of

the craft (Eq. 3.1-1) can build up. This suggests a criterion
for selecting the sampling inverval: choose the interval so
that error buildup is limited to acceptable values under

"worst case" conditions (Ref. 15).

For the VALT DFCS, the "worst case" (from an error

propagation viewpoint) is hover in heavy turbulence, and the

error buildup is assumed to be described by propagating the
covariance of the perturbation state error, X (Ref. 16).* For
turbulence with an rms value of 6 m/s (20 fps) and a correla-
tion time of 1 sec, an error buildup interval of 0.16 sec was
found to be allowable at hover. The bounds for the acceptable
values are taken to be 0.5 deg for angles, 5 deg/sec for angu-
lar rates, and 2 fps for translational velocities. Lateral
velocity reached its bounding value at hover. The low-pass
filter in the PIF c Atrol law delays feedback information by
one sampling intef6§1; hence two intervals could occur before
the controller opposes error buildup, suggesting a sampling
interval of 0.08 sec (or a sampling rate of about 12 frames
per sec). The VALT computer is being programmed for frame
rates that are multiples of 10. Consequently, a control
sampling interval of 0.1 sec has been chosen for the VALT DFCS.

*The state covariance is defined as..the expected value of the pro-
ducts of states, i.e., X = E(AXAX ); and it is propagated using
the differential equation, X = FX+XFT

disturbance covariance matrix.

+W, where W is the
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The spiral descent is one of two reference trajec-

tories used in the DFCS design, the other being the approach
trajectory. Both are composed primarily of straight lines and

circular arcs in the horizontal plane and use a constant-
heading decelerating descent in the final trajectory segment.

The approach trajectory is shown in Fig. 3.1-2. The
airspeed and altitude throughout most of the trajectory is
33.5 m/s (65 kt) and 152.4 m (500 ft), respectively. The
final portion of the trajectory involves a (y>0) decelerating
descent that exhibits desirable characteristics from the
pilot's viewpoint, as discussed in Refs. 17 and 18. The
constant speed descent is designed so that the decelerating
descent can commence at 76.3 m (250 ft) altitude, 784 m (1800
ft) south of the landing point. The speed and descent rate to
be followed are taken from Refs. 17 and 18 and are

. n
g = k e~ (x/¢) (3.1-8)
éE = a(1-¢b/(x+b))>‘<E (3.1-9)

where k = 59.3 m/s (194.4 fps), ¢ = 250.0 m (821.0 ft),
n = -0.455, a = 0.149, and b = 116.0 m (381.0 ft).

The spiral descent trajectory is composed primarily
of a steady turn during a constant vertical velocity descent.
This maneuver is designed to allow descent in a geographically
limited area. Figure 3.1-3 depicts the horizontal plane tra-
jectory of the spiral descent. The horizontal speed is 31 m/s
(60 kt) and the descent rate is 2.54 m/s (500 fps). The last
segment, starting at z = -76.3m (250 ft), uses the same descent
trajectory shown in Eqs. 3.1-8 and 3.1-9.
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R-31632

2000 1000 0 1600 2000 m

(1

-8000 4000 0 4000 8000 ft
L i 1 i 1 EAST
NORTH
0 4 - 0 - HOVER AT 12m (40ft)
1000 - DECELERATION STARTS
- -4000 h=76m (250ft)
] V=34m/s {65kt)
2000 - T~ DESCENT STARTS
{1 8000 h=230m (750ft)
V=34m/s (65kt)
-3000 -
} - -12000
-4000 h=230m(750f1)
J V=34m/s (65kt)
5000 - - -16000
-6000 --20000
- 2 CIRCULAR ORBITS
.7000
- 24000
m ft
Figure 3.1-2 Approach Trajectory in the Horizontal Plane

The touchdown point of each trajectory is at the
origin of the earth-fixed reference frame used in the DFCS

design model. The x, y, and z axes are oriented along the
north, east, and down directions, respectively. The touchdown
locations depend on the type of navigational equipment used
and are shown in Figs. 3.2-1 and 3.2-3. The earth-fixed frame
is assumed to be stationary in inertial space on a flat non-
rotating earth.
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Three other reference frames are important in the
aircraft design model; they are the body-fixed, the local-
level-guidance, and the local-level-body reference frames.

The body-fixed reference frame is the coordinate system of the

nine rigid-body vehicle states. The body-axes system has its
origin at the body center of gravity (cg), with the x-axis
forward, the y-axis to the right and the z-axis down. The x-z
body axis plane is chosen to be the body plane of symmetry.
The earth-fixed frame is rotated into the body frame by the
Euler angles yaw (¢), pitch (8) and roll (¢) using the trans-

. , B ’
formation matrix HE'

The two other reference frames used in DFCS design
are encountered in guidance implementation. Both have origins
at the vehicle cg and are local-level frames (i.e., their x-y
planes are parallel to the earth-fixed frame). The local-
level-guidance reference frame has the x-axes yawed relative

to the earth-fixed frame by the helicopter ground relative
heading angle. The local-level-body reference frame is yawed

by the commanded helicopter body yaw angle. If the helicopter
yaw angle is commanded to match the ground relative heading
angle, the two local-level frames are the same.

The velocities and positions encountered in the ap-
proach trajectory are used to determine the design points for
the velocity filters. The two terminal area velocity filter
design points are shown in Tables 3.1-1 and 3.1-2. A third
velocity filter which does not use position information from
the ground uses the design points shown in Table 3.1-3.

The design models for the filters in the DFCS use
total values for the helicopter states. The design model
dynamics are discrete versions of the random walk process,

x(t) = w(t) (3.1-10)
3-10
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and the first-order Markov process,

where w(t) is white Gaussian noise and 1 is the associated

time constant.

—Tl—k(t) =

x(t) + w(t)

as states in the filter design models.

VELOCITY-POSITION DESIGN POINTS FOR THE

TA

BLE 3.1-1

MICROWAVE LANDING SYSTEM FILTER DESIGN

Integrations of the processes are also used

Xp YE zg Vx \Y VZ
(m) (m) (m) (m/s) (m/s) (m/s)
18532.0 0 229.0  33.5 0 0
13900.0 0 457.0 61.0 0 0
9266.0 0 229.0  33.5 0 0
6949.0 0 914.0 45.7 0 5.06
4633.0 0 229.0 33.5 0 0
3475.0 0 457.0 61.0 0 0
2316.0 0 229.0  33.5 0 0
1158.0 0 169.0 33.5 0 2.54
762.0 0 137.0 33.5 0 2.54
610.0 0 125.0 29.0 0 2.54
457.0 0 113.0 23.5 0 2.54
244.0 0 84.1 16.2 0 2.54
122.0 0 49.7 10.5 .0 2.54
30.5 0 23.8 2.62 0 2.54
15.2 0 15.2 1.31 0 0

3-11
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TABLE 3.1-2

VELOCITY-POSITION DESIGN POINTS FOR THE
MULTILATERATION LANDING SYSTEM FILTER DESIGN

Xg YE Zp Vx - Vy VZ
(m) (m) (m) (m/s) (m/s) (m/s)
3706.0 0 229.0 33.5 0 0
2768.0 0 610.0 61.0 0 0
2316.0 0 229.0 33.5 0 0
1737.0 0 305.0 45.7 0 5.06
1158.0 0 169.0 33.5 0 2.54
914.0 0 149.0 33.5 0 2.54
762.0 0 137.0 33.5 0 2.54
610.0 0 125.0 29.0 0 2.54
457.0 0 113.0 23.5 0 2.54
305.0 0 102.0 18.3 0 2.54
244 .0 0 84.1 16.2 0 2.54
122.0 0 49.7 10.5 0 2.54
30.5 0 23.8 2.62 0 2.54
15.2 0 15.2 1.31 0 0
TABLE 3.1-3

VELOCITY-POSITION DESIGN POINTS FOR THE
ENROUTE FILTER DESIGN

Xg YE zg Vx Vy VZ
18532.0 0 229.0 33.5 0 0
18532.0 0 305.0 76.2 0 0
18532.0 0 610.0 33.5 0 0
18532.0 0 914.0 33.5 0 5.06
18532.0 0 229.0 41.1 0 0
18532.0 0 229.0 51.5 0 0
18532.0 0 229.0 61.9 0 0
18532.0 0 457 .0 41.1 0 2.54
18532.0 0 457.0 25.8 0 2.54

L18532.0 0 274.0 71.9 0 2.54

w
t
’_l
N
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Sensor bias and wind states are modeled in the filter
designs as uncoupled first-order Markov processes. Standard
deviations of the states and time constants used in the models
are shown in Table 3.1-4. These parameters are obtained from
Refs. 19 to 21. The difference between the wind models re-

- flect the difference in coverage area of the landing aids.

Multilateration will be available only within the last 3700 m
before touchdown and should encounter wider wind variations
during the time wind is estimated. A more detailed descrip-
tion of the sensors is presented in the next section.

TABLE 3.1-4
BIAS AND WIND FIRST-ORDER MARKOV MODELS

TIME CONSTANT, STANDARD
ESTIMATED STATE 1 Tt _SEC __ DEVIéTION==
Accelerometer Bias 100.0 0.8 ft/sec2
Microwave Landing 30.0 2.29 m/sec
System Wind
Multilateration Landing 30.0 9.14 m/sec
System Wind

3.2 SENSORS AND ACTUATORS

The VALT Research Aircraft sensors are assumed to
consist of three accelerometers, three angular rate gyros, one
vertical gyro, one gyromagnetic compass, a barometric altim-
eter, a pitot tube measuring dynamic pressure, a ground-based
microwave landing system (MLS) and a ground-based multilater-
ation system (TRI). The sensors' dynamic models, locations
with respect to the vehicle center of gravity, and measurement
ranges are shown in Table 3.2-1.
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TABLE 3.2-1

SENSORS FOR VALT RESEARCH AIRCRAFT
FILTER SYSTEM DESIGN

LOCATION WITH
RESPECT TO C.G.

SENSOR DYNAMIC MODEL ) RANGE
x(in) y(in z(in)
(m) (m) (m)
Accelerometer 1 s, 10 0 -20 4.9 m/sec® (20.5g)
(3) 0T0055+1 (0.254)  (0)  (-0.508)
2
Angular Rate 100)? -110 20 30 28,6 de i
y . e ! 125, g/sec(20.5 rad/sec)
oyro 27310, 651(10075+ (10072 (-2.8) (0.508) (0.762)
Vertical Gyro: 1 -110 20 30
(2.8) (0.508) (0.762)
Pitch £30 deg (£0.52 rad)
Roll 245 deg (20.78 rad)
Gyromagnetic AF,_ﬁ_ﬁ(‘lgo_)_?__ S Not Specified 0 to 360 deg (0 to 6.2% rad)
Compass 8742(0.65)(100)54(100)”

Pressure Ports at

Barometric 1 280 40 -10 0 to 1524 w
Altimeter 0.07<41 (7.115 (1.016)  (=0.254) (0 to 5000 fu)

. 1 . e 3 .
Calibrated 5 BA T Aircratt Nose 25.74 w/sec to 103 ma/sec
Airspeed 0.025s%1 L (50 to 200 ki)
Microwave Landing
System (MLS): 1 Does Nat Apply

Azimuth *60 deg (21.05 rad)

Elevation 0 to 20 deg (0 to 0.349 rad)

DME 18532 m ( 10 nm)
Multilateration 1 . Dues Not Apply 3710 mw (2 nm)

Landing System

The three accelerometers aid in determining the ve-
hicle accelerations ﬁ, 6, and w. The relationship between the
high bandwidth accelerometer outputs and the vehicle acceler-
ations are derived in Appendix A. The three rate gyros mea-
sure the body angular rates, p, q, and r. A second-order gyro
model is adequate for the average range of the gyro parameters.

3-14
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The two-degree-of-freedom vertical gyro measures the
sine and cosine of the body Euler angles, 6 and ¢. It is
slaved to the apparent vertical using electrolytic (bubble)
levels for sensing gravity. When the roll angle exceeds 9
deg, the erection mechanism cuts off, and the gyro is free to
drift at a randomly varying rate. The heading Euler angle, i,
is obtained from a gyro magnetic compass set. The gyro mag-
netic compass is a directional gyro slaved to the earth's
magnetic field with a magnetic sensor. The gyro can also be
operated in the free mode for high latitude operations, which

are not considered here.

Indicated airspeed (IAS) obtained from measuring dy-
namic pressure with a pitot tube gives an approximate measure-
ment of total body air-relative velocity. IAS is available
only above 25.74 m/s (50 kt), as rotor downdraft and low dy-
namic pressure disrupt the measurement at lower speeds. In
compressible subsonic flow, the total pressure, P> is (Ref.
22) represented by

LU

- n-1
Py = Pg [1 + <ﬂn—1> <—2-g—S>TASZ} (3.2-1)

where n is the specific heat ratio of air (=1.4), TAS is the
true air-relative velocity of the vehicle, p, is the free-
stream air density, and Pg is static pressure. At low speeds
and low altitudes Eq. 3.2-1 reduces to

2
- _ - IAS
q = pT = pS - pSL —'_2—' (3.2"2)
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where q is the dynamic pressure and PgL is the air density at
sea level. The velocity in Eq. 3.2-2 is,

1AS = /29 (3.2-3)

where IAS is indicated airspeed. Various corrections can

be applied to Eq. 3.2-3, such as static defect and known
instrument errors, to produce calibrated airspeed (CAS). The
static defect is the difference between the pressure on the
aircraft's skin and the free-stream pressure at a particular
location; it depends on speed, angle of attack, and altitude.
For the low-velocity, low-altitude operations of the VALT
Research Aircraft, Eq. 3.2-3 is considered to be an adequate
measure of true airspeed. If significant air density varia-
tions are expected, however, Eq. 3.2-3 should be modified
appropriately.

Position information about the aircraft is available
from a barometric altimeter, a multilateration system, and a
MLS. A diagram of the proposed MLS geometry is shown in Fig.
"~ 3.2-1. The MLS provides range from the Distance Measuring
Equipment (DME) and azimuth from equipment located at the rear
of the runway, while elevation is measured with equipment near
the.beginning of the runway. The positions of the equipment
and vehicle with respect to the origin at touchdown point are

given by
RL = (x_, V., 2_) (3.2-4)
—a a a a
RY = (x_, V., z_) (3.2-5)
—£ £ b4 £
xL = (x z.) (3.2-6)
253 E’ YE» ZE '
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BODY-RELATIVE
COORDINATE Y . R-31214

SYSTEM \

AZIMUTH/DME
EQUIPMENT

EARTH-RELATIVE
COORDINATE 44__ 2667m o
SYSTEM ORIGIN v
\ X / 366m
"7_ Mo lPn T LT LD LT LD LT D L DT LT LYy

ELEVATION EQUIPMENT 1

| 91.4m
ooy -0~
¥ YT T 56em /4—381m
<
2743m

Figure 3.2-1 Coordinate System for Simulated MLS

The relationships between the MLS conical coordinate system

measurements, illustrated in Fig. 3.2-2, and vehicle position
is given in Table 3.2-2.

R—31210

x AZIMUTH/DME
EQUIPMENT

Figure 3.2-2 MLS Conical Coordinate System
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TABLE 3.2-2
MLS TRANSFORMATION EQUATIONS

Range

Azimuth

Elevation

Cross Track

Along Track

2 2 2\ %
R = | (xg-x,) + (yg-v,) *+ (2g-2,)
(Yp-y,)
- . "l E a
a = sin |:-——-‘—“‘—R
. -(zp-2_)
e = tan t E e

L
(xE-xe)2 + (yE-ys)2 2

Yg T Y, + R sin a

2 L
(-B) + [B -4Ac:' 2
Xg € 2A .

- 2 ' 2 1%
. tan ¢ [(XE-Xa) + (yE-YS) ]

Vertical zZp = 2z, -
A=1+ tanzs
B = 2(Xe-xa)
C =»(yE-ya)2 + (xa-xs)2 - R? + (yE-ys)2 tan® ¢
The MLS has significant range but does not have full

360 deg coverage.

To provide highly accurate position and

velocity measurements with full coverage during approach and

landing, a RF multilateration system is being developed. The

system uses an angle-modulated ranging signal to provide both

3-18

—




THE ANALYTIC SCIENCES CORPORATION

range and range rate measurements between an aircraft trans-
ponder and multiple ground stations. Range and range rate mea-
surements are converted to cartesian coordinate measurements
and the coordinate and coordinate rate information is trans-
mitted via an integral data link to the aircraft. The multi-
lateration system considered here employs one transmitter and
four receivers at the locations shown in Fig. 3.2-3.

R—31212
TRANSMITTER/ @ (0, 172.4m (500 ft)
RECEIVER
y
X RECEIVER/ORIGIN
r4
O O (-132m (-433 f1), -86.2m (-250 ft)
RECEIVER RECEIVER
(132m {433 ft), -86.2m (-250 ft)
Figure 3.2-3 Multilateration System Receiver Locations

Sensor errors are assumed to be composed of three
types; a zero-mean, uncorrelated Gaussian measurement noise, a
bias error, and a scale factor error. More extensive models
of sensor errors exist but are not included here for simplic-
ity, since they are felt to be second order for this applica-
tion. Specifying simple models and standard deviations for
error sources to be used in a simplified Kalman filter is
difficult (Ref. 16). Other difficulties encountered include
the discrepancy between bench test results from manufacturers
and in-flight testing (Ref. 23). The sensor error models used
here should be considered design aids and are not presumed to
be exact sensor descriptions.
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The measurement noise standard deviations assumed for
the sensors are given in Table 3.2-3, the bias standard devia-
tions are given in Table 3.2-4, and the scale factor standard
deviations are given in Table 3.2-5. Sensor error model param-
eter information are obtained from NASA Langley (Ref. 24).

TABLE 3.2-3

MEASUREMENT NOISE CHARACTERISTICS OF
THE VALT RESEARCH AIRCRAFT SENSORS

SENSOR STANDARD DEVIATION”
Angular Rate Gyro 0.167 deg/sec
Attitude Gyro 0.167 deg
leading Gyro 1.0 deg
Accelerometer 0.61 m/s2 (2.0 fpsz)
Calibrated Airspeed 0.515 m/s (1.69 fps)
Sideslip 0.5 deg
Barometric Altimeter 7.62 m (25 ft)
MLS Azimuth - 0.0847 , 0.0095 R, deg
(IE%? + 9.396)
MLS Elevation = 0.0153 + 0.0053 R, deg
ez + 1-694)
MLS Range 4,88 m (16 ft)
TRI xg (0.274 + 2.61(10°3) R )m
TRI yg (0.579 + 2.61(1073) R )n
TRI zp (0.128 R _-19.56) m|R_> 171 m
2.33 m ]Rr <171 m -
TRI V, (1.66(10™%) R_ + 0.0305) m/s
TRI V,, (1.66(10°%) R_ + 0.0305) n/s
TRI V, (3.85(107%) R_ - 3.93) m/s |R_> 114 m
0.46 m/s ‘Rr < 1l4 m

*Ra is the range to the azimuth equipment. RE is the range

to the elevation equipment. Rr is the range to the center
multilateration receiver.

3-20
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TABLE 3.2-4

BIAS CHARACTERISTICS OF THE
VALT RESEARCH AIRCRAFT SENSORS

SENSOR

STANDARD DEVIATION

Angular Rate Gyro
Attitude Gyro

Heading Gyro

Accelerometer

Calibrated Airspeed

Sideslip

Barometric Altimeter

MLS
MLS
MLS
TRI
TRI
TRI
TRI
TRI
TRI

Azimuth
Elevation
Range

g
YE

N

N< ‘<<: ><<: tr1

0.3 deg/sec '
0.333 (107%) deg/sec
0.764 (10'2) deg/sec
0.244 m/s? (0.8 fps?)
0.152 m/s (0.5 fps)
unknown

30.48 m (100 ft)
0.012 deg

0.011 deg

4.88 m (16 ft)

- estimated on ground

Other sensor references reviewed for error model con-

sistency are the Space Shuttle navigation system (Ref. 25),

the J-Tec velocity sensor (Ref. 26), the multilateration sys-
tem (Ref. 27), the VALT Research Aircraft (Ref. 28), and a

report on helicopter instrument errors (Ref. 29).

A schematic of the different actuators which inter-
face the VALT NGC system and the cockpit controls, with the

rotor blade incidence, is shown in Fig. 3.2-4. Pilot commands

enter the mechanical system through the lower-boost hydraulic
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TABLE 3.2-5

SCALE FACTOR CHARACTERISTICS OF THE
VALT RESEARCH AIRCRAFT SENSORS

STANDARD
DEVIATION
Angular Rate Gyro 0.02
Attitude Gyro -

SENSOR

Heading Gyro -
Accelerometer 0.00025
Calibrated Airspeed 0.005
Sideslip unknown
Barometric Altimeter 0.03
MLS Azimuth -

MLS Elevation -

MLS Range -

TRI1 Xp
TRI YE -
TRI
TRI
TRI
TRI

N
>¢<t?1
'

< <«
N
[ ]

actuators, which are physically located near the cockpit.

VALT computer commands drive the same actuators used in the
TAGS (Ref. 30), and. the TAGS actuator outputs drive the lower-
boost actuators. Operational SAS inputs are in series with
the lower-boost.outputs. The combined signals are mixed
before commanding the upper-boost actuators that drive the two
rotor swash plates which control blade incidence. There is a
SAS cancelling system which is activated when the VALT com-

puter commands are operational.
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Figure 3.2-4 Elements of the VALT Research
: Aircraft Control System
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The mathematical models used for the actuators are
shown in Fig. 3.2-5. Each TAGS actuator has a time constant
of 0.0125 sec and a rate limit of +3 in/sec. The gang collec-
tive actuator, GC, is position limited to +4.0 in while the
other controls have displacement limits of +2.0 in. Rotor
dynamic response is modeled as a second-order system with a

natural frequency of 24 rad/sec and a damping ratio of 0.6.

R—-31260

{racs
[raGgs IN] ACTUATOR [sTick IN]
OUTPUT]
FLIGHT POSITION 1/ nd
cowursac:> 04 i :> RATE :> f 25 2" ORDER RIGID BODY
OUTPUT LMIT TAGS LIMIT ROTORS CONTROL INPUT

"Figure 3.2-5 VALT Research Aircraft Actuator Model
3.3 STATE ESTIMATORS

This section presents the state estimator algorithms
that combine different sensors to estimate vehicle angular
rate (p, q, r), vehicle angular position (¢, 6, ¢), vehicle
velocity (u, v, w), and vehicle position (xE, Vg > ZE)‘ The
states p, q, r, ¢, 6, ¥, u, v, w are required for feedback in
the control laws; ¢, 6, ¢, VZ and Vx’ Vy,
tg construct the command error and Xp» Yg» 2p are used by

Vz’ Y are required
guidance to correct for position errors.

Optimal estimates of the states could be obtained
using a full-state Kalman filter (Ref. 16); however, such a
filter is overly complex for this application. If all states
and some state rates are measured, and if the measurement

noise is less than the '"process noise" (consisting of random
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inputs and system uncertainties), the Kalman filter can effec-
tively decouple into a bank of reduced-order Kalman filters.
These conditions are satisfied in the VALT Research Aircraft
(Ref. 1). The reduced-order Kalman filters can be designed by
~partitioning and decoupling the system model into random walk
processes, markov processes and integrations of these process
states. The resulting filters are found to be analogous to
low-pass and complementary filters, both of which are used ex-
tensively in conventional aircraft systems.

By applying the partitioning procedure described in
the next section, three uncoupled filters result; the angular
rate filter, the angular position filter and the velocity-
position filters. Each of these are described in the
following sections.

3.3.1 Filter Partitioning

Partitioning is desirable for simplicity of design
and computation. Partitioned filters are derived by modeling
" the dynamics of each state variable that is not a pure inte-
gration of other state variables as a random-walk or markov
process driven by disturbance noise which, in some cases, has
special correlation with the measurement noise. If an air-
craft state and all its derivatives are available at a point
in time, then the future value of the state for small inter-

vals can be written using the Taylor series expansion as

2
= : JAY) R
Kppp] = X FALX + == X+ ... F L(w) (3.3-1)
where L(w,) is the nonlinear forcing function of the distur-
bances. If the derivatives of high order terms are sufficien-

tly small, they can be combined with L(gk) into a redefined
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"process noise" input, yﬁ, which is assumed to be Gaussian
white noise. Using the new process noise for the twelve rigid
body states of the helicopter, we have,

k "k k “k
(3.3-2)

‘ v = v + At Vv + At2 w’ (3.3-3)

=By 1 ~B, ~B,, 2 vy

v = vy + at L1 LE + AEE w! (3.3-4)

-Ek+l —Ek B —Bk 2 —Vk

E E .
w = w + Atw (3.3-5)
“By+1 By —wy

The (3x1) vectors Xp and vp are vehicle position and velocity
shown in Eqs. 3.2-6 and A-39, respectively, while Ve is the
(3x1) vector containing the Euler angles (¢, 6, ¢) and gg is
the (3x1) vector for the body angular rates (p, q, r). The
transformation matrix from body angular rates to Euler rates,
ié, is defined in Eq. 3.3-16 while the body to earth relative
transformation matrix, Hg, is defined in Eq. A-42.

The derivatives of the states retained are influenced
by the available sensors for the vehicle. Equations 3.3-2 to
3.3-5 will be the propagation equation in the filters. To
specify the models for design, however, derivatives are again
included in the process noise, but cause some elements in the
new process noise, Wrs and some elements in the observation
noise, Vi to be correlated, i.e.,
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Xpe1 T B T (3.3-6)
2, = Hxp + v (3.3-7)
n ool (= = -
E{yk Vi }— = (3.3-8)

Similar reasoning can'be used with the rigid-body perturbation
dynamics and the state transition matrix in partitioning the
filter model, as shown in Ref. 2. Equations 3.3-6 to 3.3-8
are, of course, simplifications; greater detail on filter de-
sign and filter gain construction is given in Appendix A.

3.3.2 Angular Rate Filters and Aliasing

The three angular rate filters have similar deriva-
tions, hence, only the roll rate filter is derived in this
section. The roll rate dynamic model for filter design dis-

cussed in the previous section is,

with the roll rate gyro observations,
Pn = Py + Vi (3.3-10)

where, in this case, Wi and vy are not correlated. Using re-
sults in Appendix A.2, the steady-state Kalman filter for the

angular rate random walk model becomes

PR(*) = Py(+) + K [ = ()] (3.3-11)

Preg (=) = Pp(*) (3.3-12)
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where

K = 2 (3.3-13)
1
4 2

1+ |1+ At
Xp

Since the process noise represents an incremental roll rate, it
can be related to roll acceleration by dividing by the sample
period. The process noise covariance, Xp’ is chosen by
assuming the maximum roll acceleration which is typically en-
countered in flight is a 20w value. Using the rate gyro mea-
surement noise covariance in Table 3.2-3 for Tp, the angular
rate filter gains are constant and shown in Table D-21.

The high bandwidth of the angular rate filters (which
primarily provide smoothing of the rate gyro signals) is common
in aircraft control applications where, in many cases, only
analog prefilters are used (Ref. 30). (Analog filters are not
permitted in the VALT DFCS design.) The purpose of the analog
prefilter is to suppress high frequency noise, and reduce
aliasing errors, prior to sampling the measurements at the pri-

mary control sampling rate. Aliasing errors occur when high

frequency noise is folded to low frequencies because of sampling.

The sampling interval of the TAGS controller was
changed from 20 frames per second to 18.5 frames per second
and this reduced aliasing errors caused by rotor vibration
picked up by body mounted rate sensors. The 3-per-rev and
b-per-rev rotor vibration noise power peaks are evident in the
measured Power Spectral Density (PSD) of the pitch rate sensor
shown in Fig. 3.3-1. This figure is taken from Ref. 31 which
analyzed the CH-46C (a smaller, lighter aircraft than the VALT
Research Aircraft). The 10 to 12 Hz power spike could be par-
ticularly troublesome for a sampling rate of 10 Hz. This
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Measurement
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problem exists for the other rate gyros and for the accelero-

meters. Correcting for aliasing errors in the VALT DFCS is

not considered part of the DFCS design but is recognized as

a potential problem for which many solutions are possible.

3.3.3 Angular Position Filters

The angular position filter is a Kalman filter in

which the system dynamics are represented by a scalar random

walk with correlated observation and process noise. The re-

sulting algorithm is called a complementary filter and is

derived in Section A.3. The roll angle filter is discussed as

an example in this section.

The angular position filters complement vertical and

heading gyro signals with rate gyro signals to estimate the

Euler angles and are of the form

;)k(+) = $k(-> + CK[¢mk - E)k(')] (3-3'14)

;)k"'l(-) = ‘;)k("') + D &’k (3.3'15)

The body-referenced rate estimates are transformed to earth-

relative coordinates for incorporation in the angular position

filters using the equation

Op_1 1 sing)_;(+)tand, _,(+) cos¢y_; (+)tand; ;(+)

ék-l = |0 cos¢k_l(+) -sin¢k_l(+)

Vo1 | L? sin&k_l(+)sec8k_l(+) cos&k_1(+)secék_l(+)

13

3-30

Py (*)

a.q ()

A"

_rk‘l(+)
.3-16) -

-



-

THE ANALYTIC SCIENCES CORPORATION

The constant ¢ in Eq. 3.4-14 reflects the decreasing value of
the attitude measurement (6 and ¢ only) when the attitude gyro
erection mechanism cuts off. When the gyro drifts, the mea-

surement is assumed to be
0,(t) = ¢(t) + et + v(t) (3.3-17)

where ¢t is the gyro drift which is absent when the gyro is
slaved.

The process noise covariance for the angular position
filtérs is chosen by assuming the maximum angular rate typi-
cally encountered in flight is a 20w value. The angular
position filter gains are computed using Eqs. A-34 and A-35
and are listed in Table D-22. . The angular rate observation
noise covariance in Table D-22 is the root-sum-square of the
observation noise, bias, and scale factor at-a nominal angular
rate of change of 20 deg/sec. The attenuation factor, c, is
scheduled by fitting a function to

c = K. /K (3.3-18)

where Kk is the decreasing Kalman filter angular position gain

resulting from the measurement noise covariance

2

To, = To ¥ [€0.00333)atK] (3.3-19)
The resulting curve for c¢ is described by
o = 1 (3.3-20)

1 + (0.0166)Atk

where k is the number of computation frames since the erection
mechanism has cut out. The ¢ filter does not require c. The
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gain, D, approaches At as T¢ increases and is not changed in
implementation from the value in Table D-22 during the short
time the gyro drifts.

3.3.4 Velocity Position Filters

The velocity position filters for estimating the VALT
Research Aircraft's earth-relative velocity and position are
divided into three different filters, each designed using two
different approaches. The three filters are a result of the
different measurements that are available along the route.
For true airspeed greater than 25.7 m/s (50 kt), TAS and side
slip measurements are available. Barometric altimeter, BA,
and accelerometer, a,» measurements are always available. The
estimator which combines TAS, B, BA, and a, measurements is the
Enroute (ER) filter because it operates outside the range of
the landing aids. When the landing aid, MLS, is available, it
is combined with TAS, B, BA, and an and results in the second
or MLS filter. Finally, when multilateration position and
velocity measurements are available, they are combined with
TAS, B, BA, and an to produce the third or TRI filter.

The two approaches to ER, MLS and TRI filter désigns
are the simple constant gain, complementary filter (CF) ver-
sion and the more complex, time varying, scheduled gain, ex-
tended complementary filter (ECF) version. 1In the CF approach,
all sensor measurements are transformed to a.common coordinate
system and the results presented in Appendix A.3 are used to
produce the filter algorithms. TAS and sideslip are not used
in the TRI and MLS complementary filter approaches. In the ECF
approach, sensor measurements are processed in convenient coor-
dinates and states are estimated in coordinates natural for
feedback control implementation. TAS and sideslip measurements

are employed in all ECF designs, which permits wind estimation.
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The CF version of each velocity-position filter is
considered important because of its simplicity and ease of
implementation. A similar continuous-time CF design has suc-
cessfully been employed in the VALT Research Aircraft (Ref.
28), and the MLS-CF is scheduled to be flight tested. The ECF
version of each filter is also potentially desirable because
the estimates are more accurate. TVHIS is programmed with the
ECF filters, and flight testing of the ECF approach could
occur at a later date.:

Complementary Filter Designs - The ER-CF operates beyond the
range of the VALT landing navigation aids (range > 18.5 km

(10nm)) and within the range of the air-data sensors

(TAS > 25.7 m/s (50 kt)). Using a first-order random walk
model for body x-axis air-relative velocity, Uy and a first-
order markov model for accelerometer bias, we obtain

u 1 0 u Atw
Apel Ay k :
= -At/rﬁ + (3.3-21)
bu 0 e b bs Atwy
k+1 k k
TAS 1 O u v
Ml Ay Uk
Zy = = +
u- 0 1 bﬁ LA + v,
k k k k

where ﬁm is obtained from the accelerometer output as shown in
Eq. 3.3-33. The Kalman filter with correlated process and
observation noise (see Appendix A) uses the following equations

for estimating u, and b;.

A
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G, (+) by, (=) Kouw Ko | [TAS-T, (-)

k - k . k
PN - S <3-3'22)
o [P ) %ou Fba | ["m, Po, )
a (=) 1 0 G, (+) D -
Ary1 Ay uu ‘ .
- = -At/T>- R + u_ -b. (+)
b. (=) 0 e Yp be (+) 0 Pr Yk
Uk+1 Uk

(3.3-23)

Values for covariances, filter gains and system parameters are
shown in Table D-23. The first row in Table D-23 contains the

primary design; K -

uu and Kbﬁ may be neglected in the filter

implementations.

'The body y-axis air-relative velocity filter is
virtually identical to Egqs. 3.3-22 and 3.3-23 and the second
row in Table D-23 is used for the primary design gain values.
Sideslip and lateral acceleration measurements are used in
the filter where

v, = Ja(H)2 + @(+)2 tan B, (3.3-24)
m .

TAS, and

In the filter, Vas Vo vAm, and bQ replace Ups Ups

bﬁ, respectively.

The ER-CF vertical velocity filter estimates altitude

as well as body-axis vertical velocity and accelerometer bias.
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The difference between earth and body-relative z-axes velocity

is neglected.

e

0 zp ] At2 w-—
k 2 Wi
0 w + | Atwe
k wk
bi |b- Wy
I "] L
Z Y ]
Ex 2y
+
wo vy
Yk K k
) L _

The model for the dynamics is represented by

(3.3-25)

(3.3-26)

The 3rd-o;der filter consists of the update equation

-~ (+)-
ZEk

G () |=

-;E (-) ]

ZZ

K
w2z

sz

and the propagation equation

2 (-)
el

Wea1 (7)
be (-)
| Yk+1
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The filter provides weighted rectangular integration of the
accelerometer signal (Dwﬁ ~ At, Dz& ~ At2/2) and corrects inte-
gration drift with the barometric altimeter. The bias state -
accumulates position error and corrects the accelerometer sig-
nal. The covariances and gains for the w-filter are shown in
the first row of Table D-24. The second and third rows in Table
D-24 show the variation in the filter gains that should occur

if the noise covariances are different from those assumed here.

The MLS-CF uses the same dynamic model and observa-
tions as the ER-CF w-filter, except that all filter states are
in earth-relative axes, and earth-relative velocity and posi-
tion are estimated. The implementable update and propagate
versions of the filter are,

;_< (+) ;_< (-) K
Ek Ek XX
CON R IR CO I N B N kg ()
Ek Ek vx [Emk Ek
b : B
br (+) b, (-) Ho (-)K
B N Y (3.3-29)
- - 1 _ L
- 0 ‘ )
EE':k+1() ! atl _}:Ek(+) va
R A . “
gEk*’l(-) =10 I 0 XEk(+) + DV\.I E{Bl({+) [émk-_[aBk(.p)]]
B k+1 N B | A k J i ]

(3.3-30)

The accelerometer bias is actually estimated in body axis co-
ordinates as shown by multiplying the bias update equation with
Hgk(-). The MLS-CF update and propagation gains are diagonal and
constant; their values are shown in Table D-25.
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The TRI-CF has the same structure as MLS-CF except
for the addition of earth-relative velocity measurements. The
implementable update equation for the TRI filter is

(+)1 éE (—)— Kex Kev X T éE (-)T
~ k ) ~ k( ) . my

(+ = - , K ~
_Ek. XEk VX | \'AY Vg - vp (-)
: ; E L Tk i
B, 0] L ] R oy

(3.3-31)

The propagation equation is the same as Eq. 3.3-30. The
diagonal update and propagate gains for the TRI-CF is shown
in Table D-25.

The variable, a_, in MLS-CF and TRI-CF is the vehicle
inertial acceleration measurement expressed in body axis. The
measurement is obtained from the accelerometer output, ags
after the gravity, g, and off cg location, AXp, corrections
are made. The corrections are implemented for the MLS-CF and
TRI-CF as

(o]
) ~E B
a = a - w, (+) wy (+) Ax, + Ho (+) o (3.3-32)

and is discussed in Appendix A. The variable, a,s must also

be corrected for coriolis acceleration, i.e.

ﬁ -y

m ~

. ~E ~

v = a - wy (+) v, (+) (3.3-33)
_Wm_ k
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for implementation in the ER-CF. The approximation

&Ak<+>
ve (+) v, (+) (3.3-34)
—By Ay

-~

~

wy (+)

must be made in Eq. 3.3-33.

The CF approach to the velocity-position filters does
not attempt to combine air-data with earth-relative position
measurements. In order to do this, wind states must be intro-
duced into the filter and estimated as shown in the following
paragraphs.

Extended Complementary Filter Designs - The ECF combines all
available velocity and position sensors into a unified imple-

mentable algorithm. The ECF approach allows the measurements
to have a nonlinear relation with the system states which can
in turn satisfy a nonlinear differential equation. The model

for the resulting nonlinear stochastic system takes the form,
x(t) = £[x(t), t]+ 6(t) w(t) (3.3-35)
z) = gk[§<tk>] + v, k21, 2, ... (3.3-36)

where f and h; are nonlinear differentiable functions of the
state vector, x. w(t) and vy are assumed to be zero mean,
gaussian white noise processes. In the previous section,
measurement noise is assumed to be white and Gaussian as a
simplification, but the measurement noises used in the pre-

vious CF designs, in most instances, are nonlinear functions
of v, in Eq. 3.3-36.
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The ECF algorithm for x(t) is obtained by linearizing
the nonlinear functions f and h, about a reference trajectory,
applying conventional linear estimation theory, and then
choosing the reference trajectory to be the current best esti-
mate of the state, X(t). The result is an extended Kalman
filter (EKF) which is discussed in Section A.4. Further sim-
plifications are made in the filter so that the filter gains
can be scheduled, instead of computed with the filter covari-
ance equations. The simplifications reduce the EKF to the
extended complementary filter (ECF), which is discussed in
Section A-5 using the MLS filter as an example.

The MLS-ECF combines TAS, sideslip, MLS range, azi-
muth, elevation, the barometric altimeter, and the accelero-
meters to estimate range, azimuth, elevation, XMLS * wind in
earth-axes W vehicle earth-relative velocity in body axes
Vps and accelerometer bias in body axes EB' From these esti-
mates, earth-relative position (§E), earth-relative velocity
in earth axes (!E)’ air-relative velocity in body axes (XA),
and air-data states (TAS and B), are constructed. The de-
tailed derivation of the MLS-ECF is presented in Section A-5.

The final implementable version is

Fa(+) ] .o(-)] [ LS MLISE B 1T .
XS Xy1s Hé-)KMLSl KMLS2 aHé-)Hé-)Hg—)KMLSS zEm’ZE(')
(3x1) (3%2) | | cmmmemo_
E E B A
W (+) W (=) a KMLS4 aH(-)KMLSS bH( ~)H(-)KMLS6 X Xy o(=)
E ~E P s B A MLS ~=MLS
= + i 3x2)
. . B ! B E B .
vg(+) vp(-) H(-)KMLS7 | H(-)H(-)KMLS8 1| aH(-)KMLS9 TAS_ ~TAS(-)
E . E MLS A
(3x1) (3x2)
- - B B E B -
bp(+) bg(-) H(-)KMLS10; H(-)H(-)KMLS11 ; aH(-)KMLS12 Br=B(-)
E ! E  MLS HE
J J L1 I I (3x2) J L
a k k k

(3.3-37)
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-

. MLS E . [ MLS E N

Xygr (=) I 0 AtH(+)H(+) O Ry o(+) DMLS1H(+) H(+)[§ -g(+)]

Eyrst £ B MLS g g UFm=B

wp(-) 0 o, 0 0 Wp(+) 0

~ ) ~ E ~

V(=) 0 0 I 0 ¥g(+) DMLS2[ a -@(+)V (+)-b(+)

-B m B B B

b (- 0 0 0 ® br(+) 0

LbB( ) J L m L-—B( J L .
k+1

(3.3-38)

The MLS-ECF is obtained by designing steady-state EKFs at the
flight conditions shown in Table 3.1-1, factoring the trans-
gLS, Hg, Hi (shown in Eqs. A-43, A-42,
and A-62, respectively) from the EKF gains and scheduling the

formation matrices, H

remaining significant gains. The MLS-ECF regression coeffi-
cients for the gains KMLS1-to-KMLS12, DMLS1 and DMLS2 are
shown in Table D-13.

flight condition assume the angles, angular rates and wind

The steady-state EKF designs at each

In order to factor out the (3x3) transforma-
» Yg
angle of attack, a), or are no longer valid (TAS Tnd meelow
After the

s Yg o and o are removed

states are zero.
tion matrices, measurements that do not exist (xE and
25.7 m/s (50kt)), are used in the design process..
significant gains are scheduled, Xg
from the filter design and the scal@rs a™and b are introduced
as shown in Eq. 3.3-37.

The scalar parameters a and b are used to fade in and
out the air-data measurements and wind estimates. Below
TAS = 25.7 m/s (50 kt), a and b are zero and the wind states
decay to zero in the propagate equation. When the aircraft
air-data sensor outputs become valid, b is switched to unity

for a short time (5 sec or more), to obtain an adequate initial
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wind estimate, and then a switches to unity for the full filter
computation. When the aircraft air-data sensors become in-
valid, a and b switch from unity to zero.

Components of the wind states (the largest component
occuring in wz) are not observable (because of the lack of an
angle of attack sensor) but are detectable. If sideslip is also
unavailable, the three wind states would still be retained in
the filter, but larger components of the wind states would be-
come unobservable. 1In a spiral maneuver without B and a, TAS
would alternately sense the x and y components of wind, pro-
ducing adequate horizontal estimates of a slowly varying wind
provided L in Eq. 3.3-39 causes the wind estimate to decay
slowly. The time constant used to obtain ¢ _ is 30 seconds,
as shown in Table 3.1-4.

The TRI-ECF uses the same approach as the MLS-ECF,
'except that the position measurements are in cartesian earth-
relative axes and earth-relative velocity measurements are
available. The implementable version of the TRI-ECF is

- - - - - E B - r R -
X (+) xp(=) KTRI1 KTRI2 { aH(-)H(-)KTRI3 xp ~2g(-)

E ! B A 'm

S (R [ i,

R . i E B R
w (+) w (=) aKTRI4 aKTRI5 bH(-)H(-)KTRIG Yg 'XE(')

E E B A m

H
= + 1 1

~ - B !'B LB | TTTTTT PO
v (+) v (=) H(-)KTRI7 ! H(-)KTRI8 ! aH(~)KTRIO TAS_-TAS(-)

B B E E A
~ . B B B .
b (#) b (-) H(-)KTRI10 ; H(-)KTRI11 { aH(-)KTRI12 B,-B(-)

B | B E ' E A
B “k k kT “k

(3.3-39)
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. E 1 - B E - .
5p(-) 0 st 0 s (+) DTRllHB(+)LQm-QB(+ﬂ
"—JE’Z(-) ¢ 0 0 v_cE(+) 0
. ) E . -
vu (=) 0 1 0 Vo (+) DTRIZE;-E(+)!(4)-Q (+ﬂ
=B B m e B B
bg(-) 0 0 ¢l () 0

k+1 k k ! k

(3.3-40)

The fegression coefficients for the filter gains are given in
Table D-12.

The barometric altimeter measurement is optimally
combined with the multilateration z-axis measurement before
processing by the TRI-ECF, '

(3.3-41)

T is the root-sum-square of the various error sources in each
position measurement,

Tos = [7.622 + 30.48% + (0.03%2y (-))z]m2 (3.3-42)
_ K
T, = [(o.lzs*fzr (-) - 19.56)m 2] R_> 171 m
TRI K - 9n r (3.3-43)
2.29 m 7] R, <171 m

The ER-ECF is similar to the ER-CF except for the
processing of TAS and sideslip.
the ER-ECF is

The implementable version of
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7 r E B 7 - -
zp(+) zg(=) KER1 Eué-)ug-)anz zEm-zE(—)
|
| (1x3)(3x2)
S R (S —
uy (+) u, (=) ] .
va(+) V(=) |+ Hé-)KERS Hg—)KEFM TAS_~TAS(-) (3.3-44)
w(+) w(-) (3x1) (3x2)
"B B R
by (+) bp(-) ué-)xnns Hg-)x@ae B,~B (=)
i ] i | (3x1) (3x2) 1 L ]
k k Kk k
zp(-) 1 Atﬂg(+) 0 zE(+)- rnmniﬁ(ﬂ[gm-gs(«ri' ]
(1x3) (1x3)
UA(-) 0 uA(+) E ‘EA(+)1 " -]
vA(-) 0 1 0 vA(+) + | DER2 g_m-gl(;) YA(+) - QB(+)
w(=) ) w(+) w (+)
LP-B(—)_ _0 0 ¢bj _EB(J')_ i 0 ]
k+1 k k k
(3.3-45)
The filter gain regressions are shown in Table D-11. The

ER-ECF cannot provide earth-relative velocity and position in
all three axes because of an assumed lack of external position
measurements outside the terminal area.
3.4 CONTROL LAWS

The designs of the VALT digital control laws are pre-
sented in this section. The design employs full state feed-
back for stability and integral compensation for Type 1 re-
The VALT digital control
laws are obtained by augmenting the system dynamics with dy-

sponse to vehicle guidance commands.

namic compensators, defining a continuous-time quadratic cost
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function, and transforming both the cost function and the sys-
tem to their discrete-time equivalents. The discrete cost
functional is then minimized, resulting in a control algorithm
suitable for digital implementation. In order to assure that
no potentially significant cross-axis effects are overlooked,
the control laws are developed assuming that longitudinal,
lateral, and directional motions are coupled. For example,
the helicopter's normal tendency is to pitch up when turning
to the right and to pitch down when turning to the left. 1If
the coupling is not significant it will be reflected in the
control law gains, which partition accordingly.

Two different types of control laws, proportional-
integral (PI) and proportional-integral-filter (PIF), and
their respective designs are given in the next two sections.
PIF is the primary control law for both attitude and velocity
guidance. PI is employed as a theoretical alternative for
comparative purposes (attitude guidance only).

3.4.1 PI Attitude Control Law

The proportional-integral (PI) control law is derived
in Appendix B. The design objective is to find a digital
feedback control law which smoothly transfers the system from
one desired command vector to another while minimizing a quad-
ratic cost function. The continuous-time cost function, which
is employed to specify the discrete-time cost function weighting
elements, is

% Q, M rax(t)
J =/ [AET(t)AET(t)] [Ml 0 ]L‘ } + vI(t)Rav(t) 5 dt
o 24 LAu(t)

(3.4-1)
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and the continuous-time design model is shown in Eq. 3.1-2,
The discrete system model is

AX ¢ T AX 0

n
+
>
<

Vi (3.4-2)
Au 0 I| |au 1
k+1 K

where the discrete transition matrix and control effect matrix
are obtained from the continuous-time model as

o = eFAL (3.4-3)
At

r =/ eFtate (3.4-4)
0

Although the exact discretized model of the plant shown in Eq.
3.1-2 is used to form the discrete cost function weighting
matrices, the discrete system model, shown in Eq. 3.4-2, is
used in the control design. The difference lies in the
coupling term between the state and the control difference in
the discrete control effect matrix, [0 I]T, shown in Eq.
3.4-2. PI controllers designed with nonzero coupling between
the control difference command and the discrete system state
are presented in Ref. 32. The coupling is of order Atz, as

shown in Ref. 1, and can be neglected here as At = 0.1 sec.

The weighting matrices Q and R, in Eq. 3.4-1, are
used as design parameters in specifying the control law gains.
Q and R are chosen by forcing the closed-loop system to satis-
fy the step response criteria discussed in Section 2.2.
Specifying Q and R, transforming to the discrete cost function
matrices in Eq. B-18, and using results in Ref. 17, enables
the discrete algebraic Riccati equation associated with the
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optimal control problem to be solved. The solution to the
Riccati equation is used to construct the controller gains.
The controller gains are rearranged, as shown in Appendix B,
to produce the PI control law which optimally transfers the
system between steady-state conditions,

Up = Upq - G (Xprxp ) - AtCZ(Xk-l-Xdk) (3.4-5)

Figure 3.4-1 shows the incremental form of the PI
controller, which accepts total guidance command and state
inputs and issues total commands to the helicopter's
actuators.

R -24883

=
-

T

HELICOPTER |

Y
DELAY :T:§ hi)

c::X;tzyAm,
+

Fes

Figure 3.4-1 Proportional-Integral Control with
Control-Difference Weighting in
Incremental Form

Although the control law is designed with perturba-
tion states and controls about the trim states, the incre-
mental form does not require knowledge of the trim to be
implemented. The state and command differences cancel out the
trim state value and the control trim is retained in the
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previous control actuator command. The control law can inter-
face with a nonlinear model of the helicopter, the helicopter
itself, or the linear-time-invariant model used for design in
either the design, analysis or experimentation phase. The
only difference is that Hp is used in the linear model and
h(+) is used in the nonlinear model. 1In either case, the
rectangular integration provided by Eq. 3.4-5 results in a
Type 1 command response as discussed in Appendix B-2.

The diagonal elements of the weighting factors Q and
R are chosen as the inverse of the maximum allowable mean-
square values of the system states and control variables.
Weighting of state displacements, state rates, control dis-
placements, and command variables are expressed in the

(m+n)X(m+n) symmetric matrix,

l/Ax% -0
Q, M "+ 1/ax2
1 = LN (3.4-6)
MT Q2 ‘ l . .
0 "1/Au§-1
» MAX
| _
FL l/Af{% 0
+ . [F G]
GT 0 : 1/A>'<r2l
L IMAX

and the control-rate weighting matrix is similarly expressed
as

(3.4-7)
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Once acceptable step responses are established for PI
attitude control at several selected flight conditions, the
values of Q and R are fixed, and control gains are generated
for all 28 design flight conditions. The allowable mean-
square values for PI are shown in Table 3.4-1. The resulting
step response criteria at the 28 flight conditions are shown
in Table 3.4-2, Of 336 separate requirements, only 6 are not
precisely achieved for fixed Q and R. The six are minor yaw
angle rise time infractions (1.6 instead of 1.5) and pitch
angle difficulties at 10.2 m/s (20 kt), a transitory flight
condition. Aside from step response, an additional effort is
taken in the design to force the control gains to low values.
The gains are kept small by weighting é in the cost function
and by trying to match the most stringent step response
requirement as precisely as possible, (which for PI-attitude is
the rise time). Low gain values tend to keep sensitivity to
sensor noise low, avoids limit cycles, and makes the control
law tuned to the design point. Proper gain scheduling matches
the control law with the aircraft flight condition as shown in
Section 3.6.

The response criteria for PI attitude could easily be
met at all flight conditions by adjusting Q and R at each
flight condition as in Ref. 1. Aside from increasing the
design effort and expense, changing Q and R at each flight
condition could have an adverse effect on control gain varia-
tion, resulting in poor gain schedules. With the difficult
flight conditions identified, it is possible to readjust the
fixed Q and R to insure all response criteria are achieved. A
complete redesign at all flight conditions would be necessary,
however, and is not performed here because of the cost involved
and also because exceeding a soft constraint by only 10% is not
critical.
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TABLE 3.4-1
DESIGN PARAMETERS FOR THE PI ATTITUDE CONTROL LAW

ALLOWABLE ATTITUDE
PERTURBATION COMMAND
Au, m/s -
Av, m/s -
Aw, m/s 1.83
Ap, deg/sec 10.0
Aq, deg/sec 20.0
Ar, deg/sec 8.0
A¢, deg/sec 3.10
A6, deg 1.85
Ay, deg 2.0
Aﬁ, m/s -
Av, m/s -
Aw, m/s 0.61
AGB, m 0.165
Aﬁc, m 0.117
AGS, m 0.0889
A6R, m 0.106
A (all)m/s 0.0508
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TABLE 3.4-2
PI ATTITUDE STEP RESPONSE CHARACTERISTICS

FLIGHT CONDITION PITCH ANGLE ROLL ANGLE YAY ANGLE VELOGITY

1 P 3 4 5 6 4 5 6 4 5 6 4 5 @
0 (8) (8) 1.2 9.4 2.4 | 1.4 3.5 1.5 | 1.5 5.2 2.4 | 1.7 3.5 1.8
0 I?ég) (g) 1.2 12.9 « 1.4 3.5 1.5 | 1.5 5.3 2.4 | 1.7 3.4 1.9
0 2?48) (g) 1.2 7.8 2.4 | 1.4 4.0 1.5 | 1.5 5.3 2.4 | 1.8 3.0 1.9
o 30 (9 | 12 5.9 21 | 1.4 3.9 1.5 | 1.5 4.9 1.7 | 1.8 2.8 2.0
0 4%ég) (g) 1.2 4.8 1.3 | 1.4 3.8 1.5 | 1.5 5.2 2.4 | 1.7 2.7 1.9
9 ?iég) (8) 1.2 3.5 1.3 | 1.4 3.6 1.5 | 1.5 4.9 1.7 | 1.7 2.3 1.9
0 ?fég) o) 1.3 2.5 1.4 | 1.4 3.5 1.5 | 1.5 4.3 1.7 | 1.8 2.1 2.1
0 1?53) ?583) 1.2 18 * 1.4 3.5 1.5 | 1.5 5.3 2.4 | 1.7 3.3 1.9
0 R0y Gty | 12 7.1 2.2 |14 4.0 1.5 | 1.5 5.2 2.4 | 1.7 3.1 1.8
0 30.9  2.54

(60) (500) 1.2 6.3 2.1 1.4 3.9 1.5 1.5 5.3 2.5 1.8 2.8 2.0

30.9 -2.54

0 (60 (=500) 1.2 5.6 2.0 1.4 3.9 1.5 1.5 5.2 2.4 1.7 2.9 1.9
41.2 5.08

0 (80) (1000) 1.2 4.9 1.3 1.4 3.7 1.6 1.5 5.3 2.5 1.8 2.8 2.2
30.9 0

0.05 (60) (0) 1.2 5.7 2.1 1.4 4.3 1.5 1.5 5.3 2.4 1.7 2.9 3.5
51.5

0
0.05 (100) (0)

20.6  2.54
0.05 “40y (500)

0.05 30.9 2.54

(60)  (500)
41.2  2.54 -

o.05 ftag %80, | 1.2 4.6 1.3 | 1.4 5.2 115 | 1.6 5.1 2.4 | 1.7 2.7 1.8
30.9 -2.54

0.05 %08y %56y | 13 5.4 2.1 | 1.4 42 1.5 | 1.5 5.2 2.4 | 1.7 2.8 1.9

-0.05 30-92 o 1.2 5.7 2.1 | 1.4 4.3 1.5 | 1.5 5.1 2.4 1.7 2.8 1.9
. (60) (0)
51.5 0

-0.05 {185y (0 1.2 3.7 1.3 | 1.4 4.1 1.6 | 1.6 4.7 1.7 | 1.7 2.3 1.9

20.6 2.54

-0.05 “);0 %55, | 1.2 9.6 2.7 | 1.4 53 2.3 | 1.5 5.2 2.4 | 1.8 3.0 1.9
30.9  2.54

-0.05 gy fi9, | 1.2 6.2 2.2 | 1.4 4.3 1.5 | 1.6 5.2 2.4 | 1.7 2.9 1.9
41.2  2.54

-0.05 %135y ooy | 12 4.5 1.3 | 1.4 4.2 1.5 | 1.6 5.1 2.4 | 1.7 2.6 1.9
30.9 = -2.54 1.3 5.4 2.1 | 1.4 4.1 1.5 | 1.5 5.2 2.4 | 1.7 2.9 1.9

-0.05 "0y (-500)

20.6  2.54

(40)  (500)
30.9  2.54
0.1 “(s0) (500)

20.6 2.54
=0.1 (40)  (500)

30.9 2.54
0.1 (60) (500) 1.2 4.1 1.3 1.4 5.8 2.5 1.6 4.5 1.8 1.8 2.2 1.9

*Greater than 5 sec.
1) Turn Rate, rad/sec 2) Forward Velocity m/s (kt) 3) Vertical Velocity m/s (fpm)
4) Rise Time, sec 5) Over-Shoot, Percent. 6) Settling Time, sec
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Pl-attitude is used as an auxiliary to PIF attitude
control for comparison purposes. PIF attitude and PIF veloc-

ity control designs are constructed in the next section.

3.4.2 PIF Attitude and PIF Velocity Control Laws

The proportional-integral-filter (PIF) control law
design procedure is analogous to the procedure for PI. The
main difference between PIF and PI is in the choice of the
cost function. The continuous-time cost function which de-
fines the discrete-time cost function weighting elements for
PIF is,

(3.4-8)
where the discrete system model is written as
-Agj E r o7 [ax ~ 0] KJ
aul| = |0 I 0 |au + 1] ay + | O Byy
k+1
AE AtH 0 1 AE 0 -1
L Tkl P JL Jk L L
(3.4-9)

The PIF control law is derived in Appendix B and has the

total-value incremental form,

U Sy gt At v g (3.4-10)

g1 = (188 Cp) Wy - Ca(¥y Xy p) - At C5(¥yp7¥g )

+ E ( - )
1%dy "ty g
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Control rate weighting induces a low-pass filtering effect de-

fined by the gain C&’ which is not present in PI.

plicit integrator state weighting in the cost function.

The Type 1 structure is implemented in PIF by ex-

Figure 3.4-2 shows the feedback, feedforward, and low-péss

structures in PIF.

DELAY

b1G

R-24855

i POSITION Xy
LIMITED

ACTUATOR

m——

DELAY

NONLINEAR |
T SNLINEAR ==\ DELAY

< L

DELAY

Figure 3.4-2

ful in flight control applications,

Depending on how Y4 is obtained,
k

(pilot or automatic guidance), almost
all control calculations can be per-
formed one sample period before the
control command is needed because of
the built-in state feedback delay.

The break frequency of the PIF low-pass
filter can be near system frequencies
without significantly deteriorating
performance because the feedback gains,
§§C22€.C5 are‘ogtimallz adjusted by the
i equation to compensate for phase
lag. High frequency feedback effects
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(rotor-fuselage coupling, body-bending
modes, and sensor noise) are highly
suppressed in PIF.

® The feedforward command of Y4
k

optimally changes the control at
index k through the feedforward
matrix El, and is not low-pass
filtered. E, greatly improves sys-
tem rise-timé and enables PIF to be
the primary control design.

° PIF (and PI), in incremental form,
- does not require trim values for
implementation.
® PIF (and PI) in incremental form does

not have integrator wind-up if the
control command is position limited to
the natural limits of the actuator,

as shown in Fig. 3.4-2.

° When the command vector changes from
attitude to velocity guidance, only
the H_matrix changes in the design
model? The PIF structure remains
the same.

The control cost weighting factors for PIF use the
same construction shown in Eqs. 3.4-6 and 3.4-7 with addi-
tional weights needed for Q3. The values for Q and R, which
are constant for the PIF attitude and PIF velocity designs,
are shown in Table 3.4-3.

The resulting step responses at the 28 design flight
conditions are given in Tables 3.4-4 and 3.4-5. For 336 sep-
arate requirements, 13 are not exactly satisfied for PIF atti-
tude and 11 are not satisfied for PIF velocity. The yaw angle
rise time requirement is increased to 1.8 sec for the PIF
velocity design instead of using 1.5 sec as in PIF attitude.
No yaw angle requirements were originally specified for PIF
velocity. The slower yaw angle rise time complements the
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TABLE 3.4-3
DESIGN PARAMETERS FOR THE PIF CONTROL LAWS

ALLOWABLE ATTITUDE VELOCITY
PERTURBATION COMMAND COMMAND
Au, m/s - 4,88

Av, m/s - 5.49

Aw, m/s 2.13 1.83

Ap, deg/sec 7 10.00

Aq, deg/sec’ 15 10.00

Ar, deg/sec 7.5 10.00

Ao, deg/sec 3.3 6.5

A6, deg 2.8 7.0

Ay, deg 3 3.5
A§1(¢or Vx) 4.4 deg-sec 3.05 m-sec
Agz(eor Vy) 3.4 deg-sec 3.66 m-sec
A§3(¢or VZ) 3.8 deg-sec 1.07 m-sec
AEA(VZ or ) 0.975 m 2.5 deg-sec
Au, m/s - 0.0610

AV, m/s? - 0.0610

o, m/s? 0.0610 0.0914
Adp, m 0.165 0.165

AS~, m 0.117 0.117

Adg, m 0.0914 0.0889
Abp, m 0.106 0.106

A6 (all), m/s 0.0508 0.0508
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TABLE 3.4-4
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PIF ATTITUDE STEP RESPONSE CHARACTERISTICS
’ . - e An VERTICAL
- FLIGHT CONDITION PITCH ANGLL ROLL ANGLE YAW ANGLE VELOCITY
- 1 2 3 4 5 6 4 5 6 4 5 6 4 5 6
0 0 0 1.2 17.7 3.0 1.3 8.8 2.9 1.48 13.6 3.4 1.3 16.1 3.5
(0) (0)
. 0 10.3 ) 1.2 18.2 3.2 1.3 8.9 2.9 1.45 13.7 3.4 1.3 10.2 3.3
(20) 0)
0 20.6 4 1.3 10.0 3.1 1.3 9.1 3.0 1.5 13.8 3.5 1.3 10.4 3.1
(40) (0)
0 30.9 0 1.45 3.7 1.65 | 1.3 8.9 2.9 1.5 13.9 3.5 1.1 12.2 2.7
— (60) (0)
0 41.2 0 1.7 4.0 2 1.3 8.9 2.9 1.5 13.6 3.3 1.1 13.9 2.9
(80) (0)
0 61.8 0 1.8 4.0 2.2 1.3 9.0 3.0 1.5 13.6 3.5 1.1 15.2 4.4
— (120) (0) | .
0 82.4 0 1.9 3.0 5.0 1.3 8.9 2.9 , 1.5 12,8 3.5 ' 1.1 16.5 4.6
(160) (0) : ‘
0 10.3 2.54 1.2 a2 3.3 1.3 8.9 3.0 1.5 13.7 3.5 1.3 5.2 3.3
(20)  (500) | 1
- 0 20.6 -2.54 1.3 9.5 2.9 1.3 9.1 3.0 | 1.5 11.4 3.4 - 1.2 10.4 3.1
(40) (-500) ! i
0 30.9 2.54 1.5 4.4 1.6 1.3 9.1 3.0 ; 1.5 11.4 3.5 | 1.2 11.2 2.9
(60)  (500) ! i
— 0 30.9  -2.54 1.5 3.9 1.6 1.3 9.1 3.0 ! 1.5 13.8 3.5 i 1.2 11.4 2.9
(60) (-500) i !
0 41.2 5.08 1.6 /3.9 1.8 1.3 9.1 3.0 ' 1.5 11.0 3.5 | 1.1 12.5 2.8
(80) (1000) ;
0.05 30.9 0 1.5 4.0 1.6 1.3 11.7 3.3 1.5 13.7 3.5 1.2 11.3 2.9
— (60) (0) |
0.05 51.5 0 1.7 4.1 2.0 : 1.3 13.7 3.8 1.5 12.7 3.5 ! 1.2 14.0 4.0
(100) (0) | ; |
0.05 20.6 2. 54 1.3 11.5 3.3 1.3 10.3 3.2 ! 1.5 13.9 3.4 ;| 1.2 10.3 3.1
— (40)  (500) !
0.05 30.9 2.54 1.45 4.2 1.55 | 1.25 12.1 3.3 1.5 13.8 3.4 1.2 11.2 2.9
(60)  (300) ;
0.05 41.2 2.54 1.6 3.7 1.9 1.3 13.6 3.4 1.52 13.4 3.5 | 1.1 7.7 2.7
(80) (500) | J
— 0.05 30.9 -2.5% 1.5 3.8 1.6 1.25 11.2 3.2 1.5 13.7 3.5 1.2 11.5 2.9
[ (60) (-500) ! :
-0.05 30.9 ) 1.5 3.9 1.6 1.25 11.2 3.3 1.5 13.6 3.5 . 1.2 11.4 2.9
(60) (0) |
—_ -0.05 51.5 0 1.7 4.0 2.0 1.25 13.9 3.5 1.6 12.6 3.5 1.1 14.4 4.2
(100) (0)
-0.05 20.6 2.54 1.3 11.3 3.3 1.3 10.4 3.2 1.5 13.8 3.5 ; 1.3 10.4 3.1
(40)  (500) !
_ -0.05 30.9 2.54 1.5 4.2 1.6 1.3 12.2 3.3 | 1.5 13.7 3.5 1.2 11.2 2.9
s (60) (500) .
-0.05 41.2 2.54 1.6 3.6 1.9 1.3 13.6 3.5 1.6 13.3 3.6 | 1.1 7.7 2.7
(80)  (500)
-0.05 30.89 -2.54 1.5 3.7 1.6 1.3 11.5 3.3 1.5 13.6 3.5 1.2 11.4 2.9
— (60) (-500)
0.1 20.6 2.54 1.2 12.2 3.3 1.3 11.4 3.4 1.5 13.8 3.5 1.3 10.3 3.1
(40)  (500)
0.1 30.9 2.54 1.5 4.1 1.7 1.1 23.5 4.0 1.6 13.1 3.6 1.2 11.3 2.9
. (60)  (500)
-0.1 -~ 20.6 2.54 1.3 11.4 3.3 1.2 14.3 3.5 1.5 13.7 3.5 1.3 10.4 3.2
(40)  (500)
-0.1 30.9 2.54 1.5 4.0 1.6 1.1 23 4.2 1.6 13.0 3.6 1.2 11.4 2.9
(60)  (500)
- 1) Turn Rate, rad/sec 2) Forward Velocity m/s (kt) 3) Vertical Velocity m/s (fpm)
4) Rise Time, sec 5) Over-Shoot, Percent 6) Settling Time, sec
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TABLE 3.4-5
PIF VELOCITY STEP RESPONSE CHARACTERISTICS

FORVWARD LATERAL. VERTICAL
VELOCITY VELOCITY VELOCITY

" LTR" FV v RT [¢] ST RT 0 ST RT 0 ST RT (o] ST

FLIGHT CONDITION YAW ANGLE

»
w
o)}

»

0 (g) (g) 3.8 1.2 @ 3.3 | 1.4 3.3

0 %gé:)’ 0y | 3.3 * | 3.0@30) * | 1.2 8.7 3.2 | 1.4 3.2
0 fgéé)’ (8) 3.0 11.6 * | 3.0 12.5 * | 1.3 7.1 3.0 | Not Simulated
0 ?26? (g) 3.3 12.4 * | 2.7 13.1 * | 1.2 8.9 2.8 | Not Simulated
0 ?éé? (g) ;3.9 125 | 3.1 13.3 * | 1.2 10.5 4.6 | 1.8 8.0 4.3
0 PP o) D a4 1a 0+ lae 11+ 11 101 2.6 6.0 5.0

82.4 o i i
o iz 0y | 4.7 x * 13.0 13.9 * | 1.3 8.1 2.8 (2.2 6.0
: i

10.3 2.5 :
0 (20)  (s00) - 33 95 * 3.3 120 » {14 7.7 3.1 | 1.4 (6.3 3.2
20.6  2.34 : - D .
0 2005 (Cigoy . 3:3 112+ 32 118 * | 1.4 7.3 3.1 | 1.5 11.3 3.5
b L
30.9  2.34 . R ' ) ' )
0 00y  IBo0y 35 107 * 3.4 11.6 * . 1.3 5.8 2.9 . 1.6 10.4 3.9
- i
0 809 =2.54 35 31,0 * 3.3 11.8 * 1.3 8.2 2.7 . 1.6 9.0 4.0

(60) (-500)
41.2 5.08

0 (80) (1000 38 0.0 % 3.3 11,6+ 1.2 121 2.8 1.7 5.0 4.2
0.05 ?gbg)’ (g) 3.6 10.8 * 3.3 10.9 * 1.3 8.1 2.9 ' 1.6 10.0 4.0
0.05 (2.5 (o) . 1.2 101 * 31 105 * 1.3 7.1 2.7 !@ 7.0 4.8
0.05 22,8 2.5y 3.3 11,6+ 3.1 109 + 1.5 6.4 2.9 | 1.5 13.2 3.5
0.05 220 F58, 3.6 108 e 8.8 107 ¢ 1.3 8.6 2.9 | 1.6 10.1 3.9
0.05 {353 55&;) !'3.9 9.8 * 3.2 107 * 1.3 9.4 2.8 - 1.8 8.2 4.3
4 ‘
0.05 30:8 251 136 1007 + 3.2 112 + 1.3 7.8 2.8 | 1.6 9.9 4.0
-0.05 :(386? (8) | 3.6 10,5 ¢ 3.3 100 * 1.3 8.6 2.8 | 1.6 10.1 4.0
-0.05 (3543 o) [ 1.3 10.2 = i 3.4 8.8 * 1.2 9.9 2.6 8.2 4.8
-0.05 29,6 fég‘é) 3.3 11.5 = l 3.3 11.1 * | 1.4 6.5 2.9 | 1.5 13.4 3.5
-0.05 3209 fégé) 3.3 10.1 = ! 3.4 10.9 * | 1.3 9.4 2.9 | 1.6 10.3 3.9

41.2 2.54 : : .
-0.05 (80) (500) ; 4.0 9.2 = ! 3.4 10.0 =» 1.2 11.4 2.8 1.8 8.4 4.3

30.9 -2.54 | . «
05 o5y (Ziooy | 3.6 1006 * 3.2 11.2 % | 1.3 8.1 2.8 | 1.6 10.1 4.0

0.1 20.6 2,54

13 500y | 34 91 + 3.3 115 » 114 821 2.9 1.4 3.4

30.9 2.54
(60) (500)

20.6  2.54
-0.1 T40)  (500)

3.6 10.9 = 3.4 9.3 =* 1.4 7.

-1
[ M)
©o
[
(02}
=]
o
S
"
o

3.7 10.2 = 3.4 9.6 * 1.3 9.2 2.9 1.6 10.8 4.0

30.9 2.54 =
-0.1 (60) (500) 4.2 9.5 = 3.6 8.0 = 1.2 10.5 2.7 1.8 9.4 4.4

*Response criteria not specified.
1) Turn Rate, rad/sec 2) Forward Velocity m/s (Kkt) 3) Vertical Velocity m/s (fpm)
4) Rise Time, sec 5) Over-Shoot, Percent 6) Settling Time, sec
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slower velocity guidance requirements. The yaw angle rise
time increases with velocity but is always less than 2.2 sec
(Table 3.4-5). None of the violated criteria are considered
particularly adverse and the increase in rise times with
velocity for 6 and ¢ could even be considered beneficial.

The PI and PIF control laws are synthesized using
complete state feedback without actuator dynamics, computation
delay effects, and actuator position and rate limits. The
control law is evaluated in Chapter 4 without these simplifi-
cations. The next section presents the control and filter
gain schedules to be used in the VALT DFCS computer.

3.5 GAIN SCHEDULING

The control laws are adapted to a particular flight
condition by scheduling their gains as a function of TAS, w,
and §. These three variables span the flight conditions
chosen for design. The gain schedules are developed in a
3-step process: 1) determination of means and standard
deviations of all gains (summed over all flight conditions),
2) determination of correlation coefficeints between gains and
flight conditions, and 3) curve fitting by regression analysis
(Ref. 1). The objective of the first step is to determine
which gains can be zeroed or held constant. The second step
indicates which functional relationships are most appropriate
for gain scheduling, and the last step provides the scheduling
coefficients.

The PIF control law for the helicopter, described by
Eqs. 3.4-10 and 3.4-11, contains 84 gains; however, 29 and 25
gains can be zeroed in the attitude-command and velocity-
command controllers, respectively. The Pl-attitude control
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law has 52 gains of which 16 can be zeroed. The zeroed gains
have mean values which are generally less than 5% of similar
types of gains.

' The remaining gains are scheduled in three sets,
which take the following forms:

Gain = alTAS+a2TA52+a3w+a4J;+a5 (3.5-1)
Gain = alTAs+a2w+a3J;TAs2+a4TA52/[1+TAS/VN)2]+a5 (3.5-2)
Gain = alTAS+a2TASZ+a3wa+a4/[l+(TAS/VN)2]+a5 (3.5-3)

where a, to a, are the regression coefficients and ac is the
regression constant. In these scheduling equations, VN is
27 m/s (53.4 kt) and is chosen so that at full throttle an
attenuation of 0.1 is provided:

1

1+ VEFULL THROTTLE | 2
VN

= 0.1 (3.5-4)

Four independent variables are chosen because together, they
give good scheduling results. Several variations of TAS, w,
and § were tried and the three forms in Egs. 3.5-1 to 3.5-3

yielded the best results.

The optimal gains computed at 28 flight conditions
generally have correlation coefficients greater than 0.8 with
the scheduled gains. Appendix D lists the regression coeffi-
cients and the correlation coefficient for all control gains.
An example of gain variations with forward airspeed is given
in Fig. 3.4-3, which shown the pitch rate feedback gains,

-At C3(4,5), -At C3(1,5), and -At C3(2,5) for the velocity
command controller.
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Figure 3.4-3 Optimal and Scheduled Pitch
Rate Gains for PIF-Velocity

The scheduled and actual gains have correlation co-
efficients of 0.97, 0.99, and 0.96, respectively, and fit
well, particularly in capturing the sign variation for
-AtC3(2,5). Other variables associated with trim are scheduled
using the same functions as the control gains and are listed
in Appendix D.

The velocity filters are adapted to a particular
flight condition by scheduling their gains as functions of Rr’
Re’ Zp, and TAS. The TRI-ECF uses only functions of range to
the center distance measuring equipment, Rr’ The MLS-ECF uses
only functions of range to the elevation equipment, Re' The
enroute filter uses functions of height, Zps and true airspeed,
TAS. Range to measuring equipment is used in the filter gain
scheduling for multilateration and MLS in order to make the

filter insensitive to the touchdown point.
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The TRI-ECF gains are partitioned into 3%x3, 3x2 and
2x2 matrices as shown in Eq. 3.3-39. Only the diagonal ele-
ments in each partition are scheduled (the off diagonal terms
tend to be insignificant and are set to zero). The TRI-ECF
gains are scheduled using |

Gain = al/ [;+Rr/RN1] + a, (3.5-5)

Gain

ay/ [1+(Rr/RN2)2] + a, (3.5-6)

RNl and RNZ are normalization variables and are 305 m (1000 ft)
and 153 m (500 ft), respectively. The regression coefficients

and correlation coefficients for TRI-ECF are shown in Table
D-12. Figure 3.4-4 is an example of filter gain variations
with range. The scheduled and actual gains for the figure
have correlation coefficients of 0.99.

R—31211
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SCHEDULED GAIN
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0 1000 2000 3000 4000 5000 6000
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Figure 3.4-4 Examples of Optimal and Scheduled
Gains for the Trilateration Filter.
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Care must be taken in scheduling the filter gains,
since the tails of the scheduling functions tend to cross the
axis and change sign as the range increases (see Fig. 3.4-4),
but the actual gains do not. Some regression coefficients are
modified slightly to avoid the sign change in implementation.

The MLS gains are also partitioned into 3x3 and 2x2
matrices; however, unlike the TRI gains, some of the off-
diagonal gains in the 3x3 and 2X2 matrices are scheduled as
shown in Table D-13. The scheduling functions for MLS are

Gain = a/ [1 + (RS/RN3)2] + a, (3.5-7)

and

Gain

al/[l + (Re/RNa)z], + a, (3.5-8)

where RN3 and RN4 are 30480m (105 ft) and 1220 m (4000 ft),
respectively.

_ The Enroute filter uses a combination of height and
true airspeed for scheduling,

Gain = ajzgt az/[l + (TAS/VN)Z] + ag (3.5-9)

VN has the same value as VN in the control gain regressions
and the coefficients are shown in Table D-11.

3.6 GUIDANCE ALGORITHMS

The guidance laws in the VALT DFCS are constructed to
compare desired and actual position of the aircraft and issue

commands to the control laws which will reduce these errors.

The guidance command consists of a nominal command and a

path-deviation-correcting perturbation command, both of which
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are described below. Several alternative forms of guidance
are discussed in this section, spiral guidance (Ref. 10) was

simulated to produce results reported in Section 4.8.

3.6.1 Nominal Command Calculations

The nominal command geometry in the horizontal plane
is illustrated in Fig. 3.6-1]. The nominal guidance trajec-
tory is composed of straight lines and circles, and it is up-
dated as a function of range-to-go (for a straight segment)
or heading-angle-to-go (for a circular segment). The nominal
body yaw angle is calculated on-line so that the projection
of the body x-axis lies along the air-relative velocity
vector. This yaw angle is found by calculating the heading

of the air-relative velocity vector as
_ -1 _ _ . )
bo = tan"T ((V =W )/(V -V, ) (3.6-1)

The earth-relative wind vector components in Eq. 3.6-1 are
discussed in Appendix A (Eqs. A-48 and A-49 with a different
sign convention), and the earth-relative vehicle velocity
components were discussed in Section 3.1 (Eq. 3.1-3).

The nominal pitch Euler angle is used to initialize

the pitch trim integrator,

\

DR '
6 = 0.11511 rad (3.6-2)

o " 135 fps
Nominal roll angle is calculated so as to maintain the total

specific aerodynamic vector in the helicopter Xp-2p plane:

6 = tan 1

o V24V, 2)/(gRey cos (a8)) (3.6-3)
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Figure 3.6-1 Horizontal Plane Guidance
Command Geometry
where Rop is the radius of turn and A{ is the angle between
the air-relative and ground-relative velocities. For straight
flight,
¢ =20 (3.6-4)

3.6.2 Perturbation Command Calculations

Vertical Channel Perturbation Guidance - The vertical

channel involves either position error feedback (Ref. 9 and
10) or position, velocity, and acceleration error feedback
(Ref. 33). The gain histories, shown in Ref. 9, indicate that
the position feedback gain increases with horizontal velocity
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by -0.013 s-l/ms-l (-0.004 s-l/fps). An additional range-

dependent factor near the hover point is implied. Another
approach to guidance gain calculation is single channel op-
timization (Ref. 10). By assuming instantaneous controller/
helicopter velocity response, the position gains are expressed
as the ratio of a vertical velocity weighting factor to a
vertical position weighting factor. Choosing 1.02 m/s (200
fpm) and 61 m (200 feet) for vertical velocity and position
weighting factors, respectively, results in a position gain of
-0.0333 sec-l. Figure 3.6-2 illustrates the complete verti-
cal velocity guidance command system, and Table 3.6-1 notes
the position, velocity and acceleration feedback gains from
Ref. 9, 10 and 33.

Horizontal Plane Velocity Command Perturbation Gui-

dance - As illustrated in Fig. 3.6-3, downrange position error
and nominal crossrange velocity can be defined.to be zero by
assuming that the helicopter's nominal position along the tra-
jectory is defined by its actual position. Nominal and actual
positions and velocities are available in earth-relative axes,
and nominal heading (go> is used to transform these quantities
to local-level guidance axes. Figure 3.6-4 illustrates the
horizontal-plane velocity guidance algorithm, and Table 3.6-2
lists the guidance gains. The altitude to downrange gain, K.,
is nonzero only during ascending or descending flight, and is
0.0013 m™1 (0.0004 ft™1) times the vertical velocity. Hence,
a 2.54 m/s (500 fpm) descent results in the gain value of
0.0033 sec-l. The crossrange gain depends on forward veloc-
ity, and takes the value -0.00135 m™% (-0.00041 ft ~1) times
the downrange velocity. Note that a variant of the horizontal
guidance reported in Ref. 33 calculates nominal position along
the trajectory from a nominal trajectory time history. Thus,
the 4-D modification in Ref. 33 would feedback the resulting
non-zero AXDR.
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Figure 3.6-2 Vertical Guidance Flowchart
TABLE 3.6-1
VERTICAL GUIDANCE PERTURBATION GAINS
GAIN REF. 9 REF. 33 REF. 10
Ky , | -0.0406 sec™1 -0.052 sec”! -0.0333 sec” !
? (60 kt, 31 m/s)
-1 -1
K2,z 0 -0.207 ms ~/ms 0
K3,z 0 -0.144 sec 0
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Horizontal Plane Velocity
Guidance Flowchart
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TABLE 3.6-2
HORIZONTAL PLANE PERTURBATION GUIDANCE GAINS
GAIN REF. 9 REF. 33
K+ 0.0 to 0.0033 sec™! 0
K, bR 0 -2.05
K3,DR 0 -2.32 sec
K] cr -0.0416 sec"l -0.0584 sec-1
, (60 kt, 31 m/s) .
K,y cR 0 -0.392
K3,CR 0 9.5 sec

Horizontal Plane Attitude Command Perturbation Guid-

ance - The pitch and roll Euler angle commands can be formed
from perturbation local-level body axis velocity commands by
the attitude autopilot given in Ref. 9 and shown in Fig.

3.6-5, where AV
velocity errors, respectively. Table 3.6-2 gives the auto-

and AV are the downrange and crossrange
LAT LON

pilot géins. The local level body axis velocity perturbation
guidance algorithm shown in Fig. 3.6-6 is based on the veloc-
ity command algorithm discussed above and the gains (Table
3.6-4) are similar.

As defined in Ref. 10, the spiral guidance command
vector consists of a longitudinal specific force command, as
a roll angle command, ¢c, and a vertical velocity command,
Vz . By appending a yaw angle command and converting the a,
cofimand to a Bc command, it is possible to put the spiral com-
mand vector into the attitude form. The conversion from
longitudinal specific force, a,, to pitch command occurs by
noting that a pitch attitude change tilts the lift vector
forward; creating a longitudinal component of approximately
-gA8. The spiral perturbation guidance system is shown in

Fig. 3.6-7. The gain values (Table 3.6-5) are derived from
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Figure 3.6-5 Attitude Autopilot Flowchart
TABLE 3.6-3

ATTITUDE AUTOPILOT GAINS

GAINS VALUE
-1
KI 0.1 sec
Ke v -0.01 rad/fps = -0.033 rad/m/s
K¢ v -0.04 rad/fps = -0.13 rad/m/s
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Figure 3.6-6 Local-Level Body Axis Velocity
Perturbation Flowchart

TABLE 3.6-4
LOCAL-LEVEL-BODY VELOCITY PERTURBATION GAINS

GAINS REF. 9 REF. 33
K2,DR -1.0 -2.05 ms-l/ms.l
K3,DR 0 1 -2.32 sec

K1,cr (66 ke, 3i%mysy|  -0.0584 sec™
- o -1.0 -0.392 ms™1/ms™!
K3,CR 0 -0.5 sec
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Figure 3.6-7 Spiral Guidance Perturbation Flowchart
TABLE 3.6-5
SPIRAL GUIDANCE GAINS
GAINS REF. 10
-1
K -0.125 sec (C /K )
r TREF.10 ¢°V
K¢ 13.5 m/s rad (c /K V)
| (s4.25 fps/rad) ¥rerF.10 ¢
K -0.466 (-K /(g K, 1))
v VREF.10 ®,v
2
K 0.95 m/s (-K /(g K ))
t LREF.10 o,v
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the suggested gains in Ref. 10, as described by the formulae,
which allow the use of the attitude autopilot in Fig. 3.6-5.

The longitudinal feedback loops merit some discus-
sion. By flying a constant air-relative velocity (TAS)

spiral, the aerodynamics remain constant as heading changes in
the presence of wind, and the acceleration, although variable,
is entirely lateral. The ground speed varies, which affects
the time duration of the maneuver; hence, a time-error channel
is given in Fig. 3.6-7. 1If time constraints are not neces-
sary, this channel should be disabled (Kt=0) since it will -
introduce unwanted longitudinal acceleration.

3.7 FLIGHT COMPUTER SOFTWARE SPECIFICATIONS

The Kalman filter and control logic needed for real-
time implementation of the VALT DFCS on board the VALT navi-
gation, guidance and control (NGC) computer is presented in
this section. The NGC computer provides a versatile autopilot
structure while maintaining simplified communications with
other programs, sensors, and control actuators by the use of
an executive routine/functional subroutine format. The flight
computer software outlined here reads all external variables
at a single point, copying them into its dedicated storage,
and forces the major support subroutines to be synchronous
with the autopilot cycle. As a result, within each cycle the
VALT DFCS is largely independent of other programs in the
navigation, guidance, and control (NGC) computer because no
additional information is needed by the VALT DFCS until the
beginning of the next cycle.

The sequence of DFCS subroutines is arranged to

minimize computation lag, i.e., the time interval between
receiving a measurement in the NGC computer and transmitting
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commands to the control actuators. As a consequence, the
state estimation and control calculations are divided into two
parts. State measurements are incorporated in the estimator
(or filter) update in the early portion of the DFCS cycle, but
the remaining state propagation does not occur until the DFCS
commands have been written in the control actuator channels.
Similarly, control calculations are broken down into compo-
nents that must be performed to obtain a control command and
components that can be performed while waiting for the next
measurement cycle.

The sequence for a single DFCS frame is illustrated
in the functional flow diagram of Fig. 3.7-1. The DFCS pro-
gram is called on a periodic basis, at a single fixed rate of
10 frames per second. Initialization branches are asynchro-
nous, occurring only when the flight control mode changes or
when there is a computer restart. Control and filter gains
are currently updated every second while all other branches in
the program are synchronous with the DFCS sampling rate.

The basic subroutines of the VALT DFCS are the
following

° Sequence and Input/Output Initialization
Subroutine - This subroutine establishes
the address of a list of subroutine
addresses, according to the flight mode
and initializes all indices.

° Read Subroutine - This subroutine copies
required inputs to the program into
dedicated temporary storage.

® Controller, Filter, and Guidance
Initialization Subroutine - These
subroutines initialize command values,
state estimates, and gains either at
predetermined values or at the appro-
priate values read in as required by
restart or flight mode.
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Figure 3.7-1 Functional Flow Diagrams for the DFCS
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DFCS (Continued)

3-75



THE ANALYTIC SCIENCES CORPORATION

' A-11324

i TRI MLS CALCULATE MLS
EXTRAPCLATION WS,
t
l [ 1] ;

ER ML
EXTRAMGLATION EXTRAPCLATION

l

CALCULATE MLS
HM""

£

|

FILTER
PUSH ODWWN

!

CALEULATE
HE fml
£

CALCULATE &iM
wiia
s

]

AIR DA TR
AVAILANTE

CALCULATE
GAINE

Figure 3.7-1 Functional Flow Diagrams for the
DFCS (Continued)

3-76




THE ANALYTIC SCIENCES CORPORATION

° State Estimation Subroutines (Part 1) -
Measurements are processed in the up-
date part of the filters.

e Guidance Subroutines - The state esti-
~  mates are used to form the guidance
commands.
® Control Subroutine (Part 1) - This

subroutine uses the outputs of the
estimation subroutine and the guidance
commands to derive control actuator
commands.

° Control Subroutine (Part II) - This
subroutine computes the controller
gains from the gain schedules and
prepares the controller for the next
DFCS frame. For the incremental con-
trol laws, this consists of "pushing-
down" the controller variables, i.e.,

storing the kth value in the (k-l)St
location, etc.

® State Estimation Subroutines (Part I1I) -
The calculations performed here prepare
the estimator for the incorporation of
measurements on the next DFCS frame.
For the state-space estimators, the
state is propagated to the next sampling
instant. The transformation matrices
and the filter gains are updated as
required.

Characteristics of the VALT software include: 1) consider-
able logic is required in the velocity filters to determine if
the air-data sensors are in a valid operational region and 2)
under pilot commands only a small portion of the PIF calcu-
lations need be performed before it is required to transfer
the control command to the actuator channels. More detailed

DFCS software logic can be found in TVHIS documentation (Ref.
4).
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4, VALT DFCS EVALUATION

The performance of the VALT DFCS is evaluated in the
following sections using straightforward linear systems tech-
niques and a complex differential-difference equation helicop-
ter simulation. These evaluations illustrate acceptable DFCS
performance and lay the groundwork for actual flight test of
the state estimators and control laws developed in earlier
chapters of this report.

The eigenvalue-eigenvector analysis of the continuous-
time helicopter model with a discrete-time controller is des-
cribed in Section 4.1.  Equivalent continuous-time eigenvalues
and eigenvectors of the helicopter-controller system are der-
ived, and they indicate desirable closed-loop helicopter res-
ponse characteristics. An interesting facet of this analysis
is that the dynamic controllers not only improve the classical
aircraft mode characteristics but add new response modes as-
sociated with the controller integrators and filters.

The command response of the controller is examined in
Section 4.2 along straight, steady trajectory segments. These
results indicate that the response requirements are essentially
met with scheduled controller gains and state estimators
operating. The effects of rotor and actuator dynamics, ex-
amined in Section 4.3, are to increase response overshoot
without large changes in response time. The advantages of an
integrator compensator in the controller are evident, because
the controller senses the response lag caused by the rotor and
actuator lags and speeds up the response to compensate for
them. Computation time delay is a major concern in digital
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control system design, and Section 4.4 examines this problem.
Stability is retained, even when the delay approaches an en-
tire sampling period, but overshoot does increase somewhat as
the controller attempts to compensate for the delay through
the guidange error integration.

The effects of sensor errors and measurement noise
are examined in Section 4.5, and the quality of the sensor
suite is seen to have major impacts on controller structure,
command vector specification and estimator design. Velocity
command systems require careful inner-loop (angular rate) de-
sign and good sensors, and the extra filtering available in
PIF (as compared to PI) is beneficial in the case of sub-
optimal state estimators. The choice between multilateration
and range-azimuth-elevation radio navigation aids is a trade-
off between range and terminal-area accuracy. The effects of
wind on controller-estimator performance are illustrated in
Section 4.6.

The simulation of time-varying systems is discussed
in Section 4.7, and an example is'given in Section 4.8 which
illustrates the performance of spiral guidance, controller and
estimator in a spiral descent entry. Cross-axis effects are
seen to be important, and there are indications that the roll
guidance channel could be improved. These simulations provide
the basis for the use of the VALT DFCS in actual flight tests.

4.1 EIGENVALUE/EIGENVECTOR ANALYSIS

The stability characteristics of a linear-time-invar-
iant system are described by the eigenvalues of its fundamental

matrix (or roots of its characteristic equation). The degree
of involvement of each state variable in each mode of motion
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is identified by the corresponding eigenvectors (Ref. 12).

The variation in stability can be traced by the root locus
plot, i.e., a complex-plane graph of the locations of the
roots as parameters of the system vary. For continuous-time

systems (e.g., helicopters with analog controllers), root
locations in the "left-half plane" indicate stability, and the
magnitude and phase angle of each root are direct indicators
of the time constant ( or natural frequency and damping ratio)
of the corresponding mode of motion. For discrete-time systems
(e.g., helicopters with digital controllers), root locations
within the "unit circle" indicate stability, but there is no
easy definition of system dynamics from the root locations --
in fact, closely spaced roots may represent markedly different
characteristics. Consequently, it is common practice to "map"
the discrete-time roots into an equivalent continuous-time

representation for evaluation of the digital controller (Ref.
34).

The equivalent continuous-time eigenvalues and eigen-
vectors of the VALT Research Aircraft with digital control
loops closed are computed by such a mapping. "Closing the
loop" with the PIF controller in position form (Eqs. B-49 to
B-52), the sampled-data version of the helicopter design model
(Eq. 3.4-9) is |

= - p— L p - p— -

Ax & r 0 Ax 0

Au = -AtC3 (I-AtCa) -AtC5 Au + AtE1 AXdk+l

A§L K+1 Ath 0 1 Ag Kk -Atl

b - = e - = - -
(4.1-1)

Similarly, using the PI controller in position form, the
closed-loop system is described by
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AX $-rC, -IcC Ax 0
- = 1 2 - + Azd
AL Loy Ath 1 BE | -Atl k+1
(4.1-2)
. - T .. T T
Defining the closed-loop state vector AX~p = [AXT Au AE
for PIF and AXep = [AgT A§F] for PI enables either closed-
loop system to be written as
Ax = ¢~y AX + T~ Ay (4.1-3)
CLy,;  'CL °=cL, "~ 'cL™¥q |

where the closed-loop dynamics are described by.¢CL. The
continuous-time equivalent of dop is

F =

CL 1né

(4.1-4)

>
e

CL

2,1 3
<+ §(¢CL-I) -]

l>|l—-‘
rt

1
[(¢CL_I) - gl -1 (4.1-5)

and its eigenvalues are the roots of the characteristic
equation specified by the determinant

‘AI - F =0 (4.1-6)

Cq

The eigenvector, . for the eigenvalue Ai is the nonzero

solution vector of the equation,

ForXiy = My (4.1-7)

CL=1 =i

b=ty -
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A comparison of scheduled and optimal root loci for
PIF velocity is given in Ref. 2. Tables 4.1-1 and 4.1-2 pre-
sent a comparison of the open-loop, optimal closed-loop, and
scheduled closed-loop eigenvalues for TAS = 41.2 m/s (80 kt)
straight and level flight, a primary design point. In addi-
tion to the classical aircraft modes, PI and PIF introduce new
modes associated with control system integrators, and PIF
introduces new modes associated with the low-pass filters.

Although closed-loop eigenvalue locations are not
used as an indicator in controller design, they exhibit good
control characteristics. Short period and Dutch roll complex
pairs fall well within the requirements of military specifi-
cations MIL-F-8330 (Ref. 11) as does the roll mode time
constant. All other complex pairs have damping ratios greater
than 0.5. Noteworthy observations are 1) the attitude systems
have slow velocity modes (real phugoid (speed) and closed-loop
"spiral'") in order to meet the angle command steady-state
requirements, 2) the low-pass filter natural frequency loca-
tions are in close proximity to open-loop natural frequencies,
and 3) the scheduled eigenvalues remain near their optimal

counterparts, but with increased damping, in most cases.

Further comparisons of the short period, Dutch roll
and phugoid modes for the optimal and scheduled designs over
a number of flight conditions are in Tables 4.1-3 to 4.1-6.
PIF increases the natural frequency of the complex pairs with
velocity and decreases the low-pass filter bandwidths. Eigen-
values for PI remain fairly constant over the operating range.
The gain schedule causes some of the PIF phugoid mode 2 damping
ratios in Table 4.1-6 to decrease below 0.5 indicating possible
problems with vertical height oscillations.
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TABLE 4.1-1

COMPARISON OF OPTIMAL EIGENVALUES AT
41.2 m/s (80 kt) STRAIGHT AND LEVEL FLIGHT

OPEN_LOOP Pl ATTITUDE PIF ATTITUDE PIF VELOCITY
DYNAMIC
MODE “n ¢, 1, “n, ¢, 1, n, t, T, n, ) T,
rad/sec - sec rad/sec - sec rad/sec - sec rad/sec - sec
SHORT PERIOD 0.359 -1.77 - 2.83 0.597 - 4.31 0.875 - 3.95 0.861 -
PHUGOID(1)* 0.256 0.342 - - - 40.2 - - 40.4 0.445 0.668 -
(2) - - - 1.60 0.760 - 2.05 0.563 - 1.93 0.575 -
DUTCH ROLL 0.394 -0.190 - 2.61 0.585 - 2.75 0.634 - 2.97 0.694 -
ROLL - - 0.899 - - 0.288 - - 0.551 - - 0.642
SPIRAL - - 25.77 - - 13.68 - - 13.60 0.548 0.701 -
HEADING - - » 2.28 0.547 - 2.09 0.589 - 2.28 0.687 -
A{e OR AEV - - 0.470C - - 1.23 0.445 0.668 -
x
{o OR A;v - - 0.430 - - 1.18 0.548 0.701 -
y
NONE
A{w 2.28 0.547 - 2.09 0.589 - 2.28 0.687 -
A{v 1.60 760 - 2.05 0.563 - 1.93 0.575 -
»
adp - - 0.746 - - 1.18
aé. - - 0.609 - - 0.669
NONE NONE
abg 0.872 0.967 - 1.08 0.767 -
adp 0.872 0.967 - 1.08 0.767 -
*Phugoid in closed-loop splits and each component either recombines with
another mode to form a complex pair or the component becomes a real mode.
TABLE 4.1-2
COMPARISON OF SCHEDULED EIGENVALUES AT
41.2 m/s (80 kt) STRAIGHT AND LEVEL FLIGHT
Pl ATTITUDE PIF ATTITULE PIF VELOCITY
DYNAMIC
MODE
Yn 14N T, “n T, T. “n z, T,
rad/sec - sec rad/sec - sec rad/sec - sec
SHORT PERIOD 2.92 0.630 - 4.05 0.892 - 3.73 0.875 -
PHUGOID(1)* - - 40.6 - - 41.7 0.405 0.681 -
(2) 1.63 0.754 - 2.10 0.592 - 1.99 0.590 -
DUTCH ROLL 2.60 0.595 - 2.81 0.635 - 3.06 0.665 -
ROLL - - 0.322 - . 0.630 - - 0.685
SPIRAL - - 13.6 - - 13.77 0.524 0.757 -
HEADING 2.26 0.563 - 2.27 0.594 - 2.35 0.661 -
ALB OR A;v - - 0.462 - - 1.41 0.405 0.681 -
X
A{o OR a¢y, - - 0.423 - - 1.18 0.524 0.757 -
Yy
A£¢ 2.26 0.563 - 2.27 0.594 - 2.35 0.661 -
A&v 1.63 0.754 - 2.10 0.592 - 1.99 0.590 -
Z
a8y 1.32 0.961 - 1.29 0.979 -
Aéc 1.32 0.961 - 1.29 0.979 -
NONE
A&s 1.12 0.948 - 1.00 0.775 -
AGR 1.12 0.948 - 1.00 0.775 -

*Phugoid in closed-loop

splits and each component either recombines with

another mode to form a complex pair or the component becomes a real mode.
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TABLE 4.1-3

OPTIMAL SHORT PERIOD AND DUTCH ROLL EIGENVALUE
VARIATION WITH FLIGHT CONDITION

OPEN LOCP P1 ATTITUDE PIF ATTITUDE P1F VELOCITY
FLIGH SHORT PERIOD DUTCH ROLL SHORT PERIOD DUTCH ROLL SHORT PERIOD DUTCH ROLL SHORT PERIOD DUTCH ROLL
GHT
CONDITION
n, 4 “n. 14 “n, “n, 4 “n, 4 “n, 4 “n. 4 i “n, ¢
rps - rps - rps rps - rps - rps - . rps - rps -
HOVER 0.711 3.37% | 0.466 -0.168 2.71 0.534 2.65 0.580 | 2.79 0.630 | 2.36 0.546 i2.28 0.631 |1.99 0.514
H ! !
V=60 kt 0.391.-1.93% ' 0.418 -0.16l © 2.79 0.587 2.61 0.554 | 3.56 0.903 | 2.76 0.634 !3.32 0.880 | 2.60 0.652
V=120 kt 0.317.-1.44% § 0.380 +0.307 i 2.87 0.614 2.61 0.583 i 5.59 0.843 2.75 0.634 55.09 0.835 ' 3.71 0.709
. ‘ |
};?goglfpm 0.349,-1.5% | 0.328 -0.059 | 2.84 0.603 2.59 0.585 | 4.35 0.87) | 2.73 0.635 |4.02 0.857 | 3.05 0.670
V=80 kt ‘ .
2500 fpm 0.357.-1.79* 0.361 +0.186 2.75 0.6C3 . 2.58 0.584 4,39 0.872 2,73 0.633 3.97 0.%60 2.95 0.687
w=0.05 rps !
*Two Real Roots,
TABLE 4.1-4
SCHEDULED SHORT PERIOD AND DUTCH ROLL EIGENVALUE
VARIATION WITH FLIGHT CONDITION
P1 ATTITUDE PIF ATTITUDE PIF VELOCITY
FLIGHT SHORT PERIOD | DUTCH ROLL | SHORT PERIOD | DUTCH ROLL | SHORT PERIOD | DUTCH ROLL
CONDITION w . . w N N
n, 4 n, 4 n, 4 n, 14 n, 4 n, t
rps - rps - rps - rps - rps - rps -
HOVER 2.66 0.551 2.64 0.579 | 2.81 0.634 | 2.45 0.514 | 2.34 0.658 | 2.09 0.581
V=60 kt 2.65 0.587 2.62 0.576 | 3.70 0.908 | 2.81 0.634 | 3.45 0.878 | 2.79 0.647
V=120 kt 3.49 0.725 2.62 0.590 5.06 0.803 2.76 0.630 4.54 0.794 3.64 0.703
V=80 kt 3,13 0.650 | 2.56 0.599 | 3.89 0.911 | 2.81 0.630 | 3.76 0.883 | 3.01 0.671
321000 fpm . . . . . . . . . . . .
V=80 kt
2=500 fpm 3.14 0.648 2.59 0.582 4.09 0.912 3.08 0.662 3.72 0.884 2.97 0.706
$=0.05 rps

4-7




THE ANALYTIC SCIENCES CORPORATION

WITH FLIGHT CONDITION

TABLE 4.1-5
OPTIMAL PHUGOID EIGENVALUE VARIATION

P1 ATTITUDE PIF ATTITUDE P1F VELOCITY
PHUGO1D 1 PHUGOID 2 PHUGOID 1 PHUGOID 2 PHUGOID 1 PHUGOID 2
FLLGHT
CONDITION
“n, ¢ T, Yn, t T, “n, 4 Ya, 14
rps - secC rps - sec rps - rps -
HOVER 1.66 0.728 45.2 2.38  0.546 | 46.0 0.507  0.715 |1.99 0.514
V=60 kt 1.57 0.752 47.2 2.10  0.591 | 42.6 0.511 0.668 [1.94 0.607
V=120 kt 1.64 0.781 28.6 2.12  0.558 | 28.3 0.361 0.682 |2.03 0.554
vy=80 kt 1.57 0.758 43.1 2.03  0.563 | 43.4 0.447  0.666 |1.91 0.582
23006 tpm | 1- . : . : . : : .
V=80 kt
2500 fpm | 1.58 0.762 42.8 2.1 0.562 | 43.1 0.462  0.645 |1.92 0.580
$¢=0.05 rps
TABLE 4.1-6
SCHEDULED PHUGOID EIGENVALUE VARIATION
WITH FLIGHT CONDITION
Pl ATTITUDE PIF ATTITUDE PIF VELOCITY
PHUGOLD 1 PHUGOID 2 PHUGOID 1 PHUGO1D 2 PHUGOLD 1 PHUGOID 2
FL1GHT
CONDITION
“n, t T, n, T, “n, 4 “n,
rps - sec rps - sec rps - rps -
HOVER 1.64 0.745 45.2 1.98 0.532 | 46.9 0.569 0.715 [1.95 0.423
V=60 kt 1.57 0.737 47.7 2.06 0.572 47.4 0.493 0.654 [1.82 0.581
V=120 kt 1.64 0.761 29.3 2.14 0.654 29.2 0.319 0.664 |[2.10 0.608
V=80 kt -
321000 fpm | 1-62 0.755 43.5 2.13 0.590 | 44.5 0.375 0.655 |1.99 0.582
V=80 kt
=500 fpm 1.85 0.794 44.2 1.79 0.374 44.5 0.398 0.673 [2.07 0.540
$=0.05 rps
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Eigenvector magnitudes associated with symmetric,
descending forward flight (z = 5.08 m/s (1000 fpm), x = 41.2
m/s (80 kt)) and asymmetric turning flight (z = 0 m/s, TAS =
30.9 m/s (60 kt), § = 0.05 rad/sec) are shown in Tables &4.1-5
and 4.1-6, respectively. Lateral and longitudinal dynamics
are essentially uncoupled in symmetric flight but have signif-
icant interaction in asymmetric flight. The Dutch roll mode
(typically a rolling-yawing motion) contains more pitch rate
than roll rate in Table 4.1-6, and the short period mode (a
pitch rate, Aw velocity oscillation) is felt in Av, Ap, and Ar
responses. This illustrates why coupled control laws, with
feed-forward compensation (such as the VALT DFCS), are valu-
able in meeting precise control requirements. Cross-axis
effects are significant in asymmetric fight even if the dy-
namic modes are well-damped.

4.2 COMMAND RESPONSE OF LINEAR, TIME-INVARIANT
SYSTEM MODELS

The command response of the scheduled-gain DFCS, with
and without operational filters in the feedback loop, is pre-
sented in this section. Simulations with the filters off
(i.e., perfect measurements) are generated using the discrete-
time linear perturbation helicopter design models shown in Eq.
B-17 for PI and Eq. B-35 for PIF. The perfect measurement or
DIGADAPT program (Ref. 14) simulations begin at the origin of
the perturbation system with the vehicle heading north (¢=0).
Simulations with the operational velocity, angular rate, and
angular position filters use total values and are produced
with the program TVHIS. Aircraft perturbation dynamics in
TVHIS are obtained by integrating the continuous-time linear
time-invariant model shown in the first row of Eq. 3.1-1 and
the result is added to the trim states to produce the total
state. Two points in the approach trajectory are used to
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TABLE 4.1-7

MAGNITUDES OF DUTCH ROLL AND SHORT PERIOD
EIGENVECTOR COMPONENTS IN FORWARD FLIGHT

R=31262

SYSTEM DUTCH ROLL SHORT PERIOD *

7
m
e & ZZA/W Z@A A/g o o ot
7 77_
p. /

arruce | / WA
- ;/] @,/ L]

OPEN
LOOP

SN >~

28 B Babwl Ar Lo AdDY 08 By B bwdy &r Bpdbly
/] 7/
PIF
ATTITUDE
— {7 . m / V_J: ;l
ABAUAQAWAVA'V Qp AdAy D8 Auv Ba Dw by Or Lo &¢ By
PIF /A
VELOCITY
AL 7y
A8 Av B Awlv &r BplpAY A Bu AgAwdv Ar Bp ALY
"REAL RCOT
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TABLE 4.1-8

MAGNITUDES OF DUTCH ROLL AND SHORT PERIOD
EIGENVECTOR COMPONENTS IN TURNING FLIGHT

R—31261

SYSTEM DUTCH ROLL " . SHORT PERIOD

/] 1)
Coop | /
VJZ‘ V/ E VA 7/ /

B8 Lo Dqdude B Dp b BY A8 Du Da Dwdvde DpApAY

NN

PIF /

/) /
VELOCITY 7]

/
/L /,471@ %/7%72

B8 D Bg Dl Bp B DpAY 88 By Dq Dwbv Do bor D DY

NN

SRNNN..

generate TVHIS results; hover and the initial starting point
in Fig. 3.1-2 (TAS = 34 m/s (65 kt) straight and level, ¢ =
135 deg). DIGADAPT results are developed (assuming perfect
measurements) using ’hover, TAS = 30.9 m/s (60 kt) straight and
level flight with ¢ = 0 deg, and ascending flight, TAS = 30.9
m/s (60 kt), z = 2.54 m/s (500 fpm) with ¢ = 0 deg.

Figure 4.2-1 illustrates response of the PI attitude-
command law to a 3.28 m/s (10 fps) step command in vertical
velocity at hover using the TRI-ECF filter, MLS-ECF filter
and perfect measurements. The velocity filter gains are
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Figure 4.2-1

PI-Attitude Vertical Velocity
Command Response at Hover
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large at the touchdown point, and the VZ response in the three
cases are almost identical, meeting the step response cri-
teria. The difference in the filters are evident in the v
response, where the TRI-ECF filter tracks better because of
velocity measurements. As a whole, PI attitude step responses
are good and meet the step response criteria in most cases
(See Table 3.4-2).

The PIF attitude command responses to 0O.l-radian step
commands in pitch, yaw and roll are shown in Figs. 4.2-2 to
4.2-4, The design criteria are superimposed on the 8, ¢, and
¢ responses and are all satisfied except for the pitch re-
sponse using perfect measurements (see Table 3.4-4). The
"staircased" control inputs, which are smoothed by the actu-
ators before reaching the rotors in DFCS simulations in
Section 4.4, are well shaped and there is a small amount of
coupled control action to minimize cross-axis response. Each
of the three attitude simulations employ a different velocity
filter. The flight condition is actually outside the range of
the multilateration system, but the gain schedule gives ade-

quate results.

The PIF velocity command responses for a 3.28 m/s (10
fps) lateral command and a 0.1 rad (large) yaw command are
shown in Figs. 4.2-5 and 4.2-6, respectively. Neither command
is accompanied by appropriate turn coordination subcommands ;
hence, the craft is held at a sideslip angle by gang cyclic
(Gs) deflection. All the commands satisfy the response cri-
teria except for yaw angle which has a slight excessive over-
shoot using filtered measurements. The effects of the ER-ECF
can be observed in Fig. 4.2-6 for the estimate of Vx. Errors
near 0.3 to 1 m/s (1 to 3 fps) can be expected in noise-free
transients because of inherent filter lag in both the angle
and velocity filters. In the climbing forward flight condition
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previously mentioned, the forward and vertical velocty step
responses in Fig. 4.2-7 are within specifications with perfect
measurements. Additional PIF velocity responses with opera-
tional filters are shown in Figs. 4.5-3 and 4.6-1.
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Figure 4.2-5 PIF Velocity Lateral Velocity Response
(TAS = 34 m/s (65 kt) for MLS-ECF and
30.9 m/s (60 kt) for Perfect Measurements,
S&L Flight)
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Responses with Perfect Measurements
(TAS = 30.9 m/s (60 kt) Descending at
2.54 m/s (500 fpm))

4.3 ACTUATOR DYNAMIC EFFECTS

The actuator and rotor dynamics translate the flight
computer output into control forces and moments acting on the
aircraft. These dynamics, modeled separately for each control
channel, are illustrated in Fig. 3.2-5. The TAGS actuator
model includes first-order dynamics, and the rate and displace-
ment limits are discussed in Section 3.2. The rotor model is
a second-order linear system.

The linear rotor and actuator dynamics filter the
flight computer control commands, and, in extreme cases, the
rate and displacement limits prevent excessive control
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movements. The actuator time constant is one-eighth the
length of the flight computer sample period, whereas the
effective rotor time constant (1/(§wn)) is almost 0.7 of a
sample period. The result is a significant lag, primarily

due to the rotor dynamics, between the flight computer control
command and the actual control displacement.

The pitch response of the PIF attitude control law
with the rotor and actuator dynamics included is shown in
Fig. 4.3-1. The response requirements are also illustrated,
as is the vehicle response without actuator and rotor models.
The control deflection lags the control command for differen-
tial collective, as illustrated in Fig. 4.3-4. The figure
shows that the presence of actuator and rotor dynamics in-
creases the overshoot without significant rise time variation.

R-21847

V. /

WITH ACTUATOR AND
ROTOR DYNAMICS NO ACTUATOR OR ROTOR DYNAMICS

TIME (sec}

PITCH ANGLE (deg)
o
1

Figure 4.3-1 Pitch Command Response as Affected by
Actuator and Rotor Dynamics

Very large velocity commands result in rapid and

large control commands, which cause the actuator to run

against its rate and displacement stops. The PIF control
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THE ANALYTIC SCIENCES CORPORATION

laws incorporate an "anti-windup" feature to enable them to
recover from a displacement limited actuator as quickly as
possible. When Uy is calculated in Eq. 3.4-10, the resulting
values are compared to the position limits of the actuator.

If any element in gk.exceeds the limit, it is reset to the
limit before the command is sent to the actuators. The modi-
fied Uy is also used in the next control cycle to generate
Yyl This anti-windup procedure is evaluated by commanding a
vertical velocity of 4200 fpm, which is a very severe maneuver.
(Engine torque limiting is not included in the simulation).
The collective command that results causes the collective
actuator to rate limit up to its position limit, as shown by
Fig. 4.3-3. The rotor is rate-saturated during the initial
transient, and at the position limit the control command is
reset by the anti-windup compensation so that the actuator
comes off the dﬁgplacement stop quickly and settles smoothly
to its steady-stéte value. The resulting command response
shown in Fig. 4.3-4, is within the specification for V3 the
rise time is 1.8 sec, the overshoot is 4.3%, and the settling

time is 2.0 sec.
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Figure 4.3-2 Differential Collective Command and
Actuator/Rotor Output
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The differential collective actuator contacts neither
the rate nor displacement limit stops. The differences be-
tween the rotor position and its commanded value are due to
the actuator and rotor dynamics.

The lateral-longitudinal coupling of the helicopter
dynamics leads to a lateral-directional response when the col-
lective actuator reaches its limit. The roll rate which re-
sults is shown in Fig. 4.3-5, and the maximum roll angle mag-
nitude is 1.7 deg. The pitch rate which is necessary to enter
this climb is -5.0 deg/sec, and the pitch attitude goes to
-3.2 deg before returning to its trim value of about -0.2 deg.

1.0 A-31964

0.5

0.5+

ROLL RATE {deg/sec)

T T - 1
0 1 2 3 4 5 6
TIME (sec}

J

Figure 4.3-5 Roll Rate Response Due to
Collective Saturation

4.4 COMPUTATION DELAY EFFECTS

Theoretical analysis of a sampled-data control system
assumes the flight computer operates "instantaneously", i.e.,
that there is no delay between data input to the computer and
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the computer control command. In this section the effects of
computational delays that are significant fractions of the
computer sample period are demonstrated. This is achieved by
delaying the flight computer control command up to 90% of a
computer sample period.

Figure 4.4-1 illustrates the effects on vertical
velocity PIF command response of time delays of 0.0, 0.05 and
0.09 sec. The time delay results in a less well damped re-
sponse (overshoot increases from 11.1% for no delay to 17.3%
for a 0.09 sec ‘'delay). The rise time to 90% is identical at
1.18 sec in all three cases, even though the initial vehicle
response occurs later in the presence of a time delay.

R-31965

0.05 sec TIME DELAY

4"
12 0.09 sec TIME DELAY
3 10 ~
z £ 8-
] 3]
N
l;' 2 - >
- < § =
3 b
E =
foed [«
s > 4l
1
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0- 0 i L ] 1 1 ]
0 1 4 3 4 5 6
TIME (sec)
Figure 4.4-1 Vertical Velocity Command Response

as Affected by Time Delay
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The corresponding maximum vehicle pitch rates in-
crease from 1.2 deg/sec (no time delay) to 1.7 deg/sec (0.09
sec time delay), illustrating the less-well-damped nature of
the system in the presence of the time delay. Increased pitch
response magnitude also occurs as time-delay increases. The
time delay results in an aircraft response that is less-well-
damped, but with unchanged response rise time.

The PI attitude control system also satisfies the
response criteria in the presence of time delays. In the
following simulation, the actuator and rotor lags are also
modeled. Pitch angle response is shown in Fig. 4.4-2. It can
be seen that the control system easily satisfies the response
requirements even in the presence of actuator/rotor dynamics
and a time delay. The differential collective command and
response are shown in Fig. 4.4-3, and the lags shown in this
plot account for the less-well damped nature of the responses
with computational time delay. The presence of

R-~31966
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L L L L L L L LLLLLLLLLLLLLS

. 7

N

PITCH ANGLE (deg)

T T T 1
0 1 2 3

TIME (sec)

Figure 4.4-2 Pitch Response with Actuator and
Rotor Dynamics and. 0.09 sec Time
Delay for PI Attitude Controller
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Figure 4.4-3 Differential Collective Command

and Response with Actuator/Rotor
Dynamics and Time Delay

a command error "integrator" in the control law results in
responses which exhibit short rise times and rapid settling in
the presence of these delays and lags.

4.5 MEASUREMENT NOISE EFFECTS

The effects of sensor noise and random errors are
examined in this section with regard to the control law struc-
ture, command vector and radio navigation aids. Both PI and
PIF control laws are implemented, and the command vector can
include either earth-relative velocity or vehicle attitudeé.
The MLS system is based on either range-azimuth-elevation or
multilateration signals. This section examines the perform-
ance of these systems in the presence of realistic sensor

noise and errors.
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The velocity and attitude command vectors are re-
peated in Egqs. 4.5-1 and 4.5-2, respectively.

g = (Vy Vg V. ¥) T (4.5-1)

zd (¢’ e’ 4’: VZ)T (4-5'2)

These command vectors differ in the way the vehicle's horizon-
tal plane motion is commanded, with actual north and east
velocities used in the velocity command vector and body roll.
and pitch Euler angles used in the attitude command vector.

The velocity command vector achieves body-axis vel-

ocity control similar to or better than the attitude command

vector. Table 4.5-1 shows this effect for two simulations;
other simulations show similar velocity accuracies. The body
attitudes, however, are more accurately controlled by an
attitude command vector. Table 4.5-2 details the observed
deviations, and the roll angle deviation is seen to be signi-
ficantly different. Figures 4.5-1 (for PIF velocity) and
4.5-2 (for PIF attitude) show the roll angle time histories
for these cases to illustrate the tighter roll angle control
of the attitude system.

TABLE 4.5-1

BODY-AXIS VELOCITY STANDARD DEVIATIONS
DUE TO SENSOR NOISE - 33.4 m/s (65 KT)
STRAIGHT AND LEVEL FLIGHT COMMANDED

e PIF VELOCITY PIF ATTITUDE
u 0.04 m/s (0.12 fps) 0.04 m/s (0.23 £fps)
v 0.3 m/s (1.0 fps) 0.7 m/s (2.3 fps)
w 1.2 m/s (4.0 fps) 1.3 m/s _(4.1 fps)

4-26




THE ANALYTIC SCIENCES CORPORATION

TABLE 4.5-2

BODY ATTITUDE STANDARD DEVIATIONS DUE TO
SENSOR NOISE - 33.4 m/s (65 KT)
STRAIGHT FLIGHT COMMANDED

ATTITUDE
ANGLE PIF VELOCITY PIF ATTITUDE
—— —— |
) 1.3 deg 0.15 deg
] 0.5 deg _ 0.4 deg
U 1.1 deg 1.0 deg
R-31967
1
g
]
2 o
<
-t
-
2
1=
2 T 1§ ; o Y
0 1 2 3 4

TIME (sec)

Figure 4.5-1 Roll Angle Response Due to Sensor Noise
- PIF VElocity-33.4 m/s (65 KT)
Straight Flight Commanded
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Figure 4.5-2 Roll Angle Response Due to Sensor Noise
- PIF Attitude - 33.4 m/s (65 KT)
Straight Flight Commanded

The earth-relative velocity is expressed as a trans-
formation of body-axis velocity through the body attitude
angles into earth-relative axes. Therefore, the body-axis
velocity deviations and body attitude deviations result in
earth-relative velocity deviations as listed in Table 4.5-3.
Under sensor errors discussed in Section 3.2, the attitude
command system achieves more accurate velocity control than
the velocity command system. The easterly velocity histories
for the two command systems are shown in Figs. 4.5-3 and
4.5-4,. The northerly and easterly velocity errors are corre-
lated such that almost all of the PIF velocity control sys-
tem's horizontal earth-relative velocity error is normal to
the nominal flight path. This is a consequence of the poor
roll attitude control of the velocity command system.
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Straight Flight at 135 Deg Heading
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TABLE 4.5-3

EARTH-RELATIVE VELOCITY STANDARD DEVIATIONS
- 33.4 m/s (65 KT) STRAIGHT FLIGHT

CONOONENT PIF VELOCITY PIF ATTITUDE
VX 0.3 m/s (1.0 fps) 0.12 m/s (0.4 fps)
Vy 0.3 m/s (1.0 fps) 0.05 m/s (0.15 fps)
Vz 1.2 m/s (4.0 fps) 1.2 m/s (4.0 fps)

The controller structure plays a significant role in

determining the vehicle response quality. The PIF controller,

which includes low-pass filtering in the controller output
channels, can be expected to be somewhat less sensitive to
noisy state estimates than the Pl controller, but may exhibit

slower command response. The differential lateral cyclic
control is shown for the PIF attitude controller in Fig.
4.5-5. The large control excursion between 4.1 and 5.5 sec is
due to the step command of a 5.73 deg increase in yaw angle.
Yaw rate follows the differential cyclic input, and the re-
sulting yaw angle is shown in Fig. 4.5-6. 1In this particular
simulation, the rise time is 0.15 sec longer than the spec-
ification value, probably due to the negative yaw rate at the
time the positive yaw angle command is issued. For this step
command, a settling requirement of *5% is much tighter than
the steady state yaw angle standard deviation of about 1.0
deg.

The PI controller, with direct state feedback to con:

trol command, results in differential cyclic control motion

given noisy sensor output as shown in Fig. 4.5-7. The devia-
tion of the control signal from its trim value is about three
times as large as the deviation caused by the PIF controller.
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Figure 4.5-5

Differential Lateral Cyclic Control From PIF
Attitude Controller - Step Command Ay _=5.73 Deg
at t=4.1 sec - 33.4 m/s (65 KT) Straight Flight
at 135 Deg Heading
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Yaw Angle Response Due to PIF Attitude Controller:
Step Command Ay =5.73 Deg at t=4.1 sec - 33.4 m/s
(65 KT) Straight Flight at 135 Deg Heading
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Figure 4.5-~7 Differential Lateral Cyclic Control From PI

Attitude Controller: Step Command A¢C=5.73
Deg at t=4.1 sec - 33.4 m/s (65 KT)
Straight Flight at 135 Deg Heading

The frequency is higher, however, so the resulting yaw rate
standard deviation of PI is less than twice that of the PIF
controller. The PI controller's yaw response is shown in Fig.
4.5-8. The rise time requirement is satisfied by about 0.2
sec, and the yaw angle deviations are comparable to the PIF
controller results. In summary, PIF and Pl produce comparable
outer loop responses, although the PI angular rates and con-
trol deflections are much larger than those from the PIF
controller.

The sensor suite and estimator performance also have

a significant effect on the vehicle responses. The estimators
are partitioned into two sets, one for angular motion and one
for translation quantities. The angular rate and pitch and
roll attitude sensors are fairly accurate, and Fig. 4.5-5
shows the actual yaw rate plotted with its estimate.
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Figure 4.5-8 Yaw Angle Response Due to PI Attitude
Controllers - Step Command Ay =5.73
Deg at t=4.1 sec - 33.4 m/s °©
(65 KT) Straight Flight at 135 Deg Heading
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Figure 4.5-9 Yaw Rate Estimate and Response Due to PIF
Attitude Controllers - Step Command Ay, =5.73
Deg at t=4.1 sec - 33.4 m/s (65 KT)
Straight Flight at 135 Deg Heading
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The gyromagnetic heading sensor is less accurate and is a
major yaw error source.

The on-board translational sensors consist of body-
mounted accelerometers, true airspeed and sideslip sensors,
"and a baroaltimeter. The terminal area radio navigation sys-
tem can consist of either a range-azimuth-elevation microwave
landing system (MLS) or a multilateration system (TRI), which
derives vehicle position and velocity on the ground and relays
it to the aircraft. Due to geometry considerations, the
multilateration scheme gives poor performance when the range
is over two miles, especially in the vertical channel.

Body-axis velocity estimation errors are listed in
Table 4.5-4 for three situations. The fourth possibility, MLS
at short range, can be expected to perform almost as well as
TRI at close range. The true airspeed and sideslip sensors
provide significant information in the long-range cases, as
can be seen in the w channel, where no angle of attack sensor
is available. Short range velocity estimates by the TRI
estimator are considered good.

The poor long range w channel estimate translates to
errors in vertical velocity of a similar magnitude. These
errors result in altitude estimation errors as listed in Table
4.5-5. At the long range, the TRI system produces its alti-
tude estimate primarily from the relatively inaccurate baro-
altimeter. Note that this range is somewhat longer than the
TRI designed maximum range.of 4 km (2 nm). In summary, the
MLS system performs better at ranges beyond about 4 km (2 nm),
but the TRI system, with its all aspect capability and excel-
lent close range position and velocity estimates, may be
desirable for actual landing zone navigation. A radar alti-

meter could improve the long-range TRI vertical chanhel,
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TABLE 4.5-4

BODY AXIS VELOCITY ESTIMATION ERROR STANDARD DEVIATIONS
AS A FUNCTION OF RADIO NAVIGATION AID

VELOCITY
COMPONEN

TRI
SHORT RANGE

TI (1 km, 1/2 mm)

TRI
LONG RANGE
(5 km, 2.5 nm)

MLS
LONG RANGE
(5 km, 2.5 nm)

0.1 m/s (0.4 fps)
0.24 m/s (0.8 fps)

0.15 m/s (0.5 fps)

0.2 m/s (0.7 fps)
0.46 m/s (1.5 fps)

1.5 m/s (5.0 fps)

0.3 m/s (1.0 fps)
0.3 m/s (1.0 fps)
0.9 m/s (3.0 fps)

TABLE 4.5-5

ALTITUDE ESTIMATION ERROR STANDARD DEVIATIONS
AS A FUNCTION OF RADIO NAVIGATION AID

0

TRI
SHORT RANGE
1 km, 1/2 nm

A4 mo (1.4 ft)

LONG RANGE
5 km, 2.5 nm

>15 m (>50 ft)

TRI MLS

2.6 m (

LONG RANGE
5 km, 2.5 nm

8 ft)

altimeter could improve the long-range TRI vertical channel,

as well as being useful to an MLS system at close range.

Thus, only one radio navigation system may then be necessary.

closely linked..

The choice of command vector and sensor suite are

A velocity command vector appears to require

more accurate state measurement than the sensor suite used in

this simulation series provides, except possibly at short

range with multilateration.

However, if this accuracy can be
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achieved, the velocity command structure seems ideally suited
to precision position and velocity control, especially at low

speeds. The attitude command vector is more oriented to on-
board angular sensors, and seems ideal for enroute control,
and is probably a desirable command vector for pilot control
of the vehicle. '

For both command vectors, the PIF structure provides

smoother response with much less control motion than the PI
controller. The low-pass filter dynamics in PIF assist in

filtering out residual noise in the state estimates. It
appears that more sophisticated filters with less noise in the
state estimates could operate well with a PI controller struc-
ture. The proper trade-off between filter and controller com-
plexity is certainly an area of further research.

One possible vehicle system configuration would in-
clude an enroute portion consisting of a PIF attitude control
law, with TACAN-Area Navigation providing trim updates. In
the terminal area, a multilateration system would provide pre-
cise position and velocity information to a terminal guidance
law driving a PIF velocity controller. The transition method
from enroute to terminal control and the precise sensor suite
desired would be a subjg;t of further study.

4.6 WIND EFFECTS

Movement of the atmosphere relative to the earth
(wind) has a significant impact on the aerodynamic forces on
the aircraft. The controller operates on earth-relative quan-
tities, and hence senses wind effects as they disturb the heli-
copter flight path. The controller then corrects for these
disturbances. The wind estimate is used explicitly by the
guidance laws and the wind estimate allows the use of true

airspeed and sideslip sensors in the velocity filters.
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To examine the controller effects, two simulations

are run with "perfect" earth-relative velocity estimates.
Figure 4.6-1 shows the PIF velocity controller's downrange

(northerly) earth-relative velocity response to sudden wind
changes at t=1 sec (3.05 m/s-10 fps headwind begins) and at
t=6 sec (headwind stops, 3.05 m/s-10 fps wind from east
begins). The response is due to the decelerating effect of
the headwind on the aircraft, and earth-relative speed drops
by 0.05 m/s (0.15 fps). The end of the head-wind produces a
0.10 m/s (0.32 fps) increase in velocity due to the excess
thrust which is counteracting the wind. Figure 4.6-2 shows
the vertical velocity variation caused by cross-axis effects;
these errors are less than 0.06 m/s (0.2 fps). In both axes,
the velocity response is not very highly damped.
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Figure 4.6-1 Northerly Earth-Relative Velocity Wind Response
- PIF Velocity Controller - 41 m/s (80 kt)
North - 3.05 m/s (10 fps) Headwind at t=1 sec,
3.05 (10 fps) Wind from East at t=6. sec
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