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A REVlEW a' mcm rnORMATION R E L A m  

TO TBE M(AZ: RISE OF AIR?mas 

By 5 .  W. Wetmore 

Langley Memorial Aeronautical Laboratory 

The airplane, of conventional design as  ve b v  it today, has 
very nearly at ta ined i ts limit in practicaJ operating speed a t  about 
500 miles per hour. With tho 1mge drag increase attending the formation 
of shock wave8 a t  these speeds, $uahing the a i ~ ~ l a n e  t o  appreciably 
greater a-geed8 resu l t s  in a prohibitive loas  in efficiency o r  L/D and 
the airplane is  no longor cagable of porfomins i t s  2rimary function 
of carrying a pay In&?: st reasonable distance. Consider, f o r  example, 
the case of a repesenta t ive  modern j e t  air2lane having a wing loading 
of about 50 pounds por square foo t  and operatin: a t  an a l t i tude  of 
30,000 fee t .  

. . , In figure 1 the up-pr so l id  c u m 6  shows the variation of drag 
coeff icient  with speed or  Mach nwnber (reference 1)  and the lower 
cwve, the corresponding variation in range (base3 on a s s q t i o n  of 
conetant specific f u e l  cons~unption 3n terms of tlnmrst). For an 
increase in speed of about 100 miles per hour or  in Mach n~mber of 0.25 
above the spsed a t  which the drag r i s e  starts, the range would decrease 
about 75 percent and would be too small t o  be ~ ~ s e f u l .  The dashed 
curves show tha t  if the drag r i s e  could be delayed suff ic ient ly ,  or 
eliminated, the speed could be ihcreesed 100 milss ac r  hour with only 
a 10-percent lose in  range or 200 miles per hour w i t h  about 20gpercent 
decreme In range.   his -11 losa i n  rango ~ o a u l t s  from the 
condition of constant a l t i tude  assumed here: tho ef fec t  of decreasing 
L/D, resul t ing from the decreas- lift coefficient with increasing 
speed, somewhat more than of fse ts  the e f fec t  of the increasing aped . )  

With the development of more concentrated fue l s  end e f f i c j en t  
power plants t o  u t i l i z e  them, the e f fec t  of tho dzag r i s e  w i l l  no 
doubt be l e s s  c r i t i c a l  fram this standpoint, but f o r  the present, a t  
l eas t ,  it seem c lear  tha t  fi%thc;r increase i n  $15 s2eail.s a t  which 
airplanes may operate e f f ic ien t ly  w i l l  be a c c m ~ l i s h c d  by changes i n  
aerodynamic design required t o  avoid any substantial  drag r ioe  up 
t o  these speedrJ. 

. . . q e  purpme of this payer f a  t o  point out br ie f ly  the Information 
r e l a t ing  t o  drag in the transonic range which is available t o  guide 
designers i n  planning sff ic ien t  higher speed a i r - l anes  .of the immediate 
future and to  indicato some of the trends in these data. The pr incipal  



source8 of the lnf'ormation t h a t  w i l l  be presented a r e  the high-speed 
tunnels, covering the lower end of the tranoonic r q e  up t o  Nach 
nmbers of 0.9 to  0 .95, t e s t s  of f r e e - f a l l  m d c l s  bopped fram high 
al t i tude8 coverlng pract ical ly  the whole transonic range, and t e s t s  
of rocket-propelled mode1.s deal* with the upper end of the range 
from Mach nmbers of 1.0 to 1.2. 

The wing Which is, of course,. the major source of the drag r i s e  
of present a i q l a n e  configurati-bns w i l l  be considered first. Figure 2 
indicates the increase in the Mach number of the ?(rag r i s e  tha t  can 
be obtained with unstrept -8 by using thinner wing sections. The 
so l id  l i n e s  actually represent the Mach nmbers a t  which the drag 
coeff icient  has increased 0.005 above tke sub-cr i t ical  value. !The 
use of this.  value provicles a be t t e r  indication of tile trends then the - 
use of the value a t  which the drag r i s e  actually b e ~ i n s  since the 
l a t t e r  value is not a lwap  clear ly dafined. Tho start of the drag 
r i s e  o c c ~ r s  i n  tho region between the so l id  line and. the dashed l i n e  
which def ines t h e  theoret icel  c r i t i c a l  Mach nvmber of the wing sec t iom 
The Mach n W e r  of the drag xlse  is shown as a function of the thickness- 
chord r a t i o  of the wlng: in  the l e f t  hand f i w e  f o r  a tapered and 
cambered wlng a t  a lfft coeff icient  of 0 . h ~  tested i n  the high- 
speed tunnel (reference 2); and i n  the right-hand f igure  f o r  a s t ra ight ,  
symmetrical w i n g  a t  zero l i f t  from the r e su l t s  of f r ee - fa l l  t e s t s  
(referanee 3). It is indicated tha t  in both cases the Mach number of 
the drag r i s e  increaseo by 0.015 to 0.02 or 'oetween 10 and 15 miles 

-,' per hour f o r  each percent reduction in thiclmeso r a t io .  

The ef fec ts  of ewee2back mi!! aspect r a t i o  on the Mach number of 
the drag r i s e ,  dof ined as  before, are i l l u s t r a t ed  i n  f igme 3. I n  
this .f i w e ,  the Mach ntpnber of. the drat r i s e  is  ahown plot ted against  

- the Lnverse of the aspect r a t i o  from the r e sv l t s  of high-speed tunnel 
t e a t s  of' two ser ies  of unswe-t w i ~ s  of d i f f s ren t  a i r f o i l  section, and 
a se r i e s  of l i n g s  of 30° weep (references 4 and 5 ) ,  and from the 
r e s a t s  of f r ee - fa l l  t e s t s  of two wines of 43O avee; (reference 6). 
The indicated values of the ?zag-rise Mach nvmber a t  i n f in i t e  a q e c t  
r a t i o  f o r  the swept conditions were estlnlated from two-dimensional 
high-speed tunnel data using the s i rq l e  cosine law f o r  in f in i t e  yawed 
wings. The re su l t s  indicate that the bencfits of sweep are increaged 
as  the aspect r a t i o  increases p r t i c u l a r l y  f o r  lwga  Eweep ahglee. 
Conversely, although decrea~ing  the aspect r a t i o  provides a substant ial  
increase i n  the Mach number of the drag r i s e  f o r  t h e  unswept wings, it 
has l i t t L e  ef fec t  when the wings eke aweptbaclr 30° esld becomes adverse 
f a r  45' aweenback. It may be noted tha t  in order t o  avoid -a substant ial  

I. 



-drag r i s e  up t o  o r  through sonic velocity with the wing thicknesses 
considered' a sweepback of at leest 45' is  reqr-ired. 

A considerable amount of data on the $zag of nings a t  the 
upper end of the transonic range bas been obtained by the rocket 
technique and although these r e su l t s  do not define the conditions 
of the drag r i se ,  they, together with the f r e e - f a l l  deta, do show 
the extent of the drag r i s e  an8 provide an indication of the wing 
configwations tha t  w i l l  be required to  extend q e e d s  f o r  reasonably 
ef f ic ien t  airplane operation t o  Mach numbers above 1-0.  Figure 4 
shows the variation with t h i c h e s s  r a t i o  of the drw coefficient of 
unswept win~s a t  a M~ch nutnber of 1.15. Data fmm both rocket and 
f ree-Pal& t ea t s  (referenceo 3 to 7) are included and although there 
is  considerable scatter due t o  U e  diff orent t e s t  techniques and 
d i f fe rent  aspect r a t io s ,  which will be discussed l a t e r ,  the trend 
i a  woW defined. The large reduction i n  drag a t  this speed afforded 
by decrcas-lng the an& thickness is clearly sho~m. A3 an indication 
of what the.drag data a t  Mach number 1.15 shown i n  t h i s  and subsequent 
figtn-ea mean i n  ro la t lon  t o  thrust availa3le from 2resent turbojet  
power plants or those i n  immediate prospect, it i s  estimated that the 
drag coefficient f o r  a conplete single-engine air2lane of representative 
d-ensions operating a t  altitt?dee of 30,000 t o  40,OCO f e e t  could not 
exceed ebouk 0.02 I According t o  t h l s  * f  igwe then, t h e  thickness . 
r a t i o  of an un~wept wing would have t o  be sarsethiq leas  than: 4 percent 
t o  permit attainment of Mach number 1.15. . 

The ef fec ts  of sweep and aspect r a t i o  on t h e  &cag a t  Mach nwzber 1-13 
a r o  shorn i n  f i g m e  5 which again includes data from both rocket and 
f r e e - f a l l  t e a t s  (references 6 and 8). Here the drag coeffioienta are 

- ?lotted against the inverse of the aspect r a t t o  for sweep an,&3s 
from 0' t o  52'. A l l  the wings e re  of' NACA 65-009 section i n  plane8 
normal t o  the loading oQe. ' h e  trenda indicated i n  this f igure  are 
generally similar t o  those of f i g m e  3 .  That io, the e f fec t  of sweep 
i n  decreasiw the drag becamcs s e a t e r  with increasing aspect r a t i o  
and the ,effect of r e d u c m  the aspect ratio, althow$ favorable with 
no eweep, disappears gtlnodorate sweep angles an& becomes adverse 
with greater sweep. The resu l ta  shown here do not of course give the 
c o q l e t e  etory, which would require consideration of s t ruc tura l  
requirement8 and space requirement8 f o r  f u e l  stora&e and so fo r th  
For e-le, tho  bone? i c i a l  e f f ec t  indicated f o r  reduced aspect r a t i o  
of the unswept win@, is due t o  aspect r a t i o  alone and does not take  
account of the reduction in drag due to the thinner winp; sections 
t h a t  could probably be used with the m a l l e r  as;,cct ra t ios .  Furthermore, 
the  indicated advanta&e of sweep is not en t i re ly  r e a l i s t i c  since it 
applies t o  constant wing thickness in planes normal to  .the leading edge; . - whereaa f o r  stm-~ctural readas the thickness would grobably have to 
be increased considerably w$th increasing sweq and the benefits would 



thereby be reduced. CamiOer .again the va1v.e of drw coeff icient  0.02, 
representine, as before, the ?robable l i m i t  f o r  a s lqle-engine 
airplane with the j e t  ewines  tha t  w i l l  bo a-railcble in the near 
f ~ ~ t w e  : it appears tha t  t o  a t t a i n  a Mach number of 1 .I5 trithin t h l s  
l imi ta t ion  the wing wotild have t o  be swept a t  l e a s t  45' and probably 
more t o  allow for the drag of fuselage and other elements of the 
airplano . 

Th'ere has becn same in ts rce t ,  f o r  various yeasons, i n  the 
poss ib i l i t i e s  of using Pomrard sweep rather  than sveep70ack. In 
f igure 6 the variationo of &a& w i t h  Mach nvmber t h r o w  the Wanaonic 
range f o r  a mreytback snd a oweptf 0zT4md- wins are  com>arec' from the  
r eau l t s  of Zree- fa l l  t as to  (1wfer6nce 9 and data not ye t  published). 
The wings are similar i n  all respects excopt taper, and it is shoTm 
t h a t  the resu l to  a re  very similar. These r e s v l t s  my  be'inf'luenced t o  
same extent by effects  on t h s  wings due t o  t l ~ e  flow f i e l d s  of the 
bodies used. i n  these t e s t s .  In this connection it m i & t  be of in t e res t  
t o  mention t h a t  t h o  sweptforward ~ d n g  was founc? to  havz a considerably 
more adverse e f fec t  on the drag of the bo$y, a t  Ielach numbers of 1 .O 
and above, than the sweptback wing. Howevor, the  indication tha t  
the direction of sveep has l i t t l e  e f fec t  on e i the r  the Eiach number 
o r  the extent of the d r q  r i s e  of the wing alone is su?ported by 

C other data  fmm wind-humel t e e t s  (reference 10) and rocket t e s t a  
(reference 11) . 

A8 part of the investization of wlng-plan-form ef fec ts  on drag 
a t  h i@ t ~ a n s o n i c  speeds, rocket t e s t s  have been mu?-e of several 

.configurations incorporating variations i n  ta3er as veil as swee? 
(references 12 and 13). F igwe 7 shows the ?zag coefficients a t  a 
Mach number of 1-13 in re la t ion  t o  the taper ra t io ,  grouped f o r  
approximatelg. constant swee-3 anglee of e i ther  421~3 mean l i n e  or  the 
leading edge of the wing. The thickness chord r a t i o  in  the a t r e m  
direct ion ~ E I  approximately constant f o r  each p o ~ ~ p .  With the mean 
l i n e  wrswept, tapering tho w i n g  t o  a pointed conf igura t i~n  provides 
e substant ial  reduction i n  drag over tha t  of vntapered wing. The 
second poup indicates tha t  with the leadin=: e d p  held constant a t  45O, 
tapering the wing tends t o  be unfavorable and t h i s  trend appears to 
continue to the inverse-tayor condition shown by the third group. 
These r e su l t s  ajgarently indicate simply tha t  s:Jee> of the leatiing 
edge is not the determining f ac to r  f o r  tapered %rings. P e r h ~ p s ,  the 
most intereating fea ture  of these data is shown by the fourth group 
where the r e s a t  of tapering the wing about a 45O s~rept  mean l ine  
is  indicated. The taper in i t s e l f  has ;?ractically no e f fec t  in t h i s  
case. which suggests tha t  it should be possible t o  take full advantage 
of the benefi ts  of large sme? and t h i n  sections with considerably l e s s  
d3fficulty fmaa sdimctural poblema than Frr the case of untapered w i n g s .  

. .  . 



Investigation of the effects of aJ.rPoil section on the transonic 
drag characteristics of f i n i t e  wings has bee3 limited mainly t~ . 

determining th3 eff ec ta  of sharp lead in^ ed ses, vlth the .  thoU&t 
that they might provide some.3enefi-b i n  the transonic r q e  as well 
as  a t  supersonic epee&. ~ i g u r e  8 shows ths variation of drag w i t h  
Mach number from free-fall- t ea t s  (reference 14) of a six-percent-thick, 
m w e g t  w i n g  with a shq -edge  circular-wc section and one with - -  

NACA 65-series section. L i t t l e  difference i s  indicated and such ae 
there is favors the 65-serieg a i r fo i l .  S imi lar  cornparisom from 
rocket t e s t s .  with thiclser uncwept ~J-lngs and wttl~ swept wiqs, including 
double-wedge as well as circular-arc sections (reference 7) lead to 
the same concluslom - .that win@ with supereonic-tne sections tend 
t o  have somewhat poorer drag, characteristics in the transonic range 
than wing8 With more conventional hi@-%peed s s c t i o n ~ .  .. 

BODIES 

W i t h .  the delay and reduction in  We drw r i s e  of' wings tha t  appear 
poseible f2.m the foregoi% resul ts  the drag characteristics of the. 
body or fuoelagle of tho  airplane nay w e l l  becane the , c r i t i c a l  factor  
in  determining t h e  limiting n o m l  q j e r a tbg  epeed of the airplanec 
An investigation of body drag t h ro  the transonic range has been 
undertaken by the f ree-fa l l  15) and the resul te  t o  
date are showxi'in figure 9 in which the drag coefficients, based on 
f ronta l  area, of four s l n ~ l e  bodies of revolution, vary- in  fineness 
r a t i o  and i n  thickness distribution we c q m d  over the Mach number 
range f ram 0.85 t o  1.08 . The drag values shown -Inclu.de the drag of 
the stabilkzing' t a i l  eurfaces which were identical in a l l  cases. The 
body of fineness r a t i o  12 had a aimilar thiclmeue distribution to  that 
of the fineness ra t io  6 bodg, with the maxfnum diameter a t  half the 
body length. The s t a r t  of the d m g  r i s e  of tho fineness r a t i o  32 body 
appear8 t o  occur a t  a considerably higher Mach nmiber than f o r  t h e  
fineness r a t i o  6 body althowh fh ia  advaritap i s  more than offset  a t  
Mach numbers below 0.94 by the greater skin f r i c t ion  drag of the longer 
body. The -extent of the r i s e  is also mch less  - on the order of 
one-third -. f o r  the alender body' so tha t  - a t  Nach numbers around 1.0 
i t s  drag coefficient is only about' 60 percent ,of that of the fineness 
r a t i o  6 body* The other two bodiea vere foimed by combinations of the 
forebody and iiftefbody shapos of the f inenoss r a t i o  6 and f ineness 
r a t i o  12 bodies, Of these two boues,  the one with the blunter 
forebody and more alender afterbody has a lower drag a t  Mach numbers 
above 0.92. AltSlou@ the drags of both these boaies l i e  generally 
betyeen the curves fo r  the fineness r a t i o  6 and $2 bodies, the values 
are 8,amewhat higher a t  Mach nmere above 1.0 than would. be expected 
for a Sineriese r a t i o  9 body of similar shape t o  the 6 and 12 bodies. 



Thle will be indicated &re cleerly in enother f i ~ w e .  A further 
point of interest  i n  the data in &hie figure is in  the similarity of 
the drag variation above Mach nmber 1.0 fo r  the -boc?ies of similar - 
nose shape: fo r  the two bodies h a w  the more slender f orebody 
the curves f l a t t en  out, whereas w i t h  the bl~mter nose shape the 
drag coefficient continues t o  increarre, suggesting that the nose ahape 
becarmes the drsninant factor in .determining tile character of the dmg 

1 7  

vaxiation of bodies very shortly after Mach number 1.0 has been 
ekeetleii. 

In figure 10 the drag coefficients of the fowl bodies a t  a Mach 
nmber of 1-08 are plotted to logarithmic scale a s  a function of the 
inverse crf finoness r e i o .  Pie drag values shown have been reduced 
t o  represent approximately the.pressure or  wave b a g  by eubtracting 
the meemred drag of the e t a b i l i z a g  t a i l  and estimated akin f r ic t ion 
from the values shown i n  f igme 9. The values fo r  the fineness 
ratio 6 end finenese r a t i o  12 bodies, which may be considered as 
belonging to the same shape family, fall very close t o  a l ine  which 
defines th-e drag aa o function of' the aquare of the inverse fineness 
ra t io ,  or, in effect, the aquere of the t:~iclmesa rat io.  This 
resu l t  is in  accord with the theorg fo r  the  wave drQ of elender 
bodies of' revolution at o~qersonic trpeeda and in fac t  the c q l e t e  

, 

relat ion C% u 10 .7 by this l i n e  is almost exactly, 

the same as that derived theoretically by L i ; ;h th iU  for elender 
pasabolic bodiee (reference 16) . The f ac t  that the ilata f o r  the 
t q  fineness ra t io  9 bodies with maxbum dlemcter f o ~ w d  and a f t  of 
the midlength of the body l i e  above th i s  line, inNcates that these 
depertures from the shape family represented-by . t he  fineness ra t io  6 
and 12 bodies are both tmfavorable. 

Izl connection with a s k d y  of the ~ o u r c o s  of the dreg r i s e  of 
bodies in the transonic range, pressure-distsibutton measurements on a 
body;of' revolution have \been obtained by the win2;flow method over 
the range of Mach nmber fram 0.85 ta 1.05 (reference 17). Some of 
these results  are shown in figme 11. Tho body ~ m s  of pambolic Shape 
in longitudinal ,section Kith a f inenese ra t io  of 6 and was sting 
supporteif as indicated in the slretch i n  tbe l e f t  h a d  f i p e .  The 
pres~luro-orifice locations are also shown i~ t h e  sketch. The pressure 
distributions along ths body are shown fo r  four Mach numbers from 0.92 
t o  1-05 in  th3 l e f t  hand f igure and tho variation of ~reseure-drag 
coefficient wlth Mach nurriber determined from these data i s  plotted in  
the r ight  hanh figure. The preeeure distribution fm. Mach rmmber' 0.92 
Iff typical of the resulta obtai-md a t  lower M~ch nuribere and gave no 
appreciable preeeure Breg. 'With i n c r e a s w  Mach m?mber, the suction 
peak moves back of the &ixbitm- diat&ter of the body and the preeeure 

. . 



drag r i s e s  accordingly. The gceateet rearward mowment of the suction 
peak i n  re la t ion  t o  chawse of Mach number occurs between Mach 
nmber 0.96 and 1.00 and tho drag r i s e  I s  a lso  most abrupt over t h i s  
ran@. A t  Mach numbers frorn 1.00 to '  1.05, t h s  c h a s e  i n  presstwe 
dis t r ibut ion and in drag coefficient is  re la t ive ly  mall. Although 
the preseuros over the forebop3 increase somewhat as the Mach nmber 
increeses and thereby contribute tb the drag rise, the greater part-  of 
the e f f ec t  t o  Mach nmber 1.0 a r i ses  from the g o b %  and rearward 
movement af the suction on t h e  dterbody. A s  an indication tha t  the 
pressure measurements and t he i r  interpretat ion in terms of the drag 
r i s e  are  probably not greatly LnPluenced by the low Reynolds number 
of these t e s t s ,  the drag c~u-vo fram tho f r ee - fa l l  t a s t s  of a fineness 
r a t i o  6 b o o  of generally similar shape is ~ i v e n  by the dashed l i n e  
i n  the right-hand f ips. The Reynolds nwber of thes'e t e s t s  
some twenty t iues  that' of the wiq-flow t e s t s  but the shape8 of the 
curves are remarkably slmilor. 

A f i n a l  interpretation of g e  r e su l t s  of in-restigations of 
airplane components requirec, of course, eome understandiw of the 
eff ec ts  of combining thfise c q - j ~ n e n t s  i n  t h e  c o q l e t e  airplane 
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configuration. Figures 12 end 13 indicate aom of t h o  tendencies 
tha t  have been observed i n  the tiffocts of w-hq-fuselage interaction 
on the rlrw r i s e .  Figure 12 shows the variation of drag coeff icient  
with Mach nm3er t h r o u a  the beginning of the  clrag r i s e  f o r  three 
unswept wings of varying t h i c l e s s  from high-spee0 t m e l  t e s t s  
(reference 2; . The so l id  l i n e s  apply t o  the wings alone, and the 
dashed l ine8 to  the combinations of wing  and fuselage. For these 
cases, the Mach number of the drag r i s e  cmd. the r a t e  of increase i n  
the drag coefficient beyond the start of the d r q  r i s e  appear t o  be 
pract ical ly  uneff oc ted by tho addition of the fmelage  . A similar 
absence of e f fec ts  of a d d i x  a fuselage t o  the  win^; was noted i n  the 
r e su l t s  of high-speed tunnel t ea t s  of an a i r p l a ~ e  configuration 
incorporating a 35' sweptback wlx (ref erenca 18) . 

A comiderably different  r e s u l t  was i n u c a t e d  from f r e e - f a l l  t e s t s  
of wlng-body configurations incorporating wiws of greater sweepback 
(reference 19). Fi,we 13 compares the dre~-coeff  i c  i en t  variation with 
Mach nmb3r f o r  tkTo combinations of ident ica l  45' swept wings and 
fineness r a t i o  12 bodies, d i f f e r i rg  00 in,tf le  gosit ion of the wings 
on' the bokv. With the w i 2 ~  located 1/8 of the body length back of 
i t 8  maximum d z q t e r ,  the drag r i s e  apparently CUd not occur u n t i l  , 

the Mach nvnbei* was a t  l e a s t  0.05 greater than f o r  the mangement ' 
. 

w i t h  the  win^ a similar diatance forward of t h ~  maxhrrm diameter, 
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end the drae throughout the Mach number rango covered was markedly l e s s .  
From the sinultancow mcasurelrents of t o t a l  drag and wing b a g  obtained 
i n  these t e s t s  it was evident tha t  the g e a t s r  pa r t  of the diffsrence 
shown here arose from the e f f e c t  of the wing aosi t ion on the body drag: 
With the wing i n  the roarward position, the yesence  of the wing 
agparently red~l-cefi the dray: of the body ap rac iab ly  belov the values 
obtained with a s j m i l a r  body trithout wiqp, ~ d ~ e r e e s  with the .wing i n  
the forward position, t l i e  body drag was increaeod. It amears  from 
these r e su l t s  that considorable at tent ion ahoald be given t o  the 
arrangement of the 7rfn.g on t h e  fuselage, at  l e a s t  when large sweep 
angles are wed, t o  avoid the poss ib i l i ty  of r a the r  large unfavorable 
interm t ion ef fec ts  . 

CONCLUSION 

By way.of conclusion, f i ~ u r e  14 was p e - ~ a r e d  t o  rrovida a somewhat 
mare d i rec t  indication of the advances in  o?erating s:3eeds tha t  may 
be expected from some of the changes in airplane configuration tha t  - 

have been dAocus~ed. This f igure  shows tho vezfiiation of coeffi-  
c ien t  with Mach nwnber f o r  t - z s e  simple body-wing-tail configurations 
incorporating f ineness , ra t io  12 b o a e s  varyins 5n tw sweep and 
thickness (reference 19 and data  not g e t  ~ u b l i s h s d )  compared w i t h  t h a t  
f o r  the regresentative modern j e t  f igh te r  disc~.lssod ea r l i e r  (reference 1 )  . 
The curve designated ~ / s q  represents the >robable tlmust ca2abili  t i e s  
t h a t  can be expect& of a turbojet  engine i n  t;hs immediate future i n  
terms of a representative wing area and dynamic ;>resoure f o r  comparison 
with the drag coefficients.  The a-eed of the conventional. aimlane, 
with unswept wings, 13-percent thick, is llmlted by the intersection of 
the thrust and drag curves to  a Mxh number of 0.80 with the Ilighest 
speed f o r  reasonably ef f ic ien t  cruising gmbably not greater than 
0.70 in Mach nmrber. It was found tha t  the drags of mgdels of th ree 
projected high-speed a i q l a n o s  with wings or" arotlni! 37 sweep and 
10- t o  12 -percent thickness (references 16, 20, en8- 21) f e l l  ~ e n e r a l l y  
bettreen the two drag curves fo;. the 35O configurations shown here. It 
appears therefore t h a t  m a w  speeds uj! t o  Yach nunber of 0.9 t o  0.95 
and reasonable range ~tp t o  blech numbers of almost 0.3 can be realized 
with the moderate sweep an$ thiclmese tha t  a re  be-- incor*>orated in 
a number of new high-spesd j e t  airplanes now in d o s i p ,  conotrv.ction, 
or  prototype stages. The 45' swept-wing er;-a.m,emont shown on the 
r igh t  attained the hi&est  Ikch number before %he drag r i s e  and gave 
the most graCual itrag r ioe  of my wing-boQ-tail conbination f o r  which 
f r ee - fa l l  test data are available. From these results it appeara t h a t  
with a s  havine sweep a q l e s  of 45O and auf.Piciently slender bodies, 
a r r q e d  t o  avoid unfavorable interacticm effects ,  a i q l a n e s  cruising 
a t  Mach numbers up t o  0.95 and wlth  to-^ speed around hlach number 1.0 are 



quite poesible, - w i t h  turboJet eogines that are OF yrobably soon w i l l  
be available,  This does not c o n s t i t ~ ~ t e  the lbft, of course : more 
extreme m6ap should permit fur ther  advances i n  a t q l a n e  operating 
speeds and an indication of tho results that can be e x ~ e c t e d  with 
sweep angles uy t o  630 wlll be given in a paser 3y Cobert T. Jones. 
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Figure 1.- Effect of drag r ise  on range of representative modern 
turbojet airplane. 
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Figure 2.- Effect of wing thickness ratio on Mach number of the 
drag rise. 
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Figure 3.- Effects of aspect Patio and sweep of wings on the Mach 
number of the drag rise; a = oO. 

NACA 65-OXX, M = 1.15 

Mgure 4. - Variation of drag coefficient of unswept wings with thickness 
ratio. M = 1.15; CL = 0. 
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Figure 5. - Variation of wing drag coefficient with aspect ratio and 
sweepback. M = 1.15; CL = 0. 

Figure 6.- Comparison of drag of sweptfomard and sweptback wings 

through the -- transonic range. CL = 0; = 0.12. 
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Figure 7.- Effects of various combinations of taper and sweep on the 
drag of wings at  Mach number 1.15. CL = 0. 

Figure 8. - Comparison of drag of wings with sharp -leading-edge and 
conventional NACA airfoil sections through the transonic range. 
CL = 0. 
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Figure 9.- Effects of fineness ratio and thickness distribution on 
the drag of bodies of revolution at transonic speeds. 

Figure 10.- Logarithmic plot of variation of pressure drag with inverse 
of fineness ratio for four bodies of revolution. 
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Figure 11. - Pressure distributions from wing-flow tests through the 
speed of sound on a fineness ratio 6 body of revolution, and com- 
parison of the corresponding pressure drag with the total drag 
measured in free-fall tests of a similar body. 

NACA 65,-208 NACA 6 5,-210 NACA 65,-212 
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Figure 12. - Comparison of initial drag r i se  of wing alone and wing- 
fuselage combination for three wings of different thickness ratio. - 



Figure 13.- Effect on drag of wing-body -tail combination through 
transonic range due to fore-and-aft position of 45' swept wing. 

Figure 14.- Comparison of drag rise of three wing-body-tail 
combinations varying in wing sweep and thickness and of 
representative, modern turbo jet airplane. Thrust available 
from turbojet engine at 30,000 to 40,000 feet altitude shown 
h~ form corresponding to drag coefficient for comparison. - 
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AIRFOIL SECTION CEARAC'PERISTICS . -. 

AT HIGH StlBSOmC SPEEDS . . 
By Louis S. Stivers,  Jr. 

' _ .  . . 
Amee AercxButical ~aborrttory . '.. 

. . 

The design of airplane ' l i f t i n g  surkace e' and the of 
t he l r  aerodynamic character is t ics  have always depended, t o  a p e s t , .  
extent, on ai . r foi l  section data. The drag data are of par t icular  
si@ficance from the staudpoint of airplane performance, wbereae , 
the lift and pitohing-~~)ment data are' of appreciable fmportwce from , 

the point of view .of afrplane 6tablLity and control. It was .Tirs t  
believed, nepertheless, - t h a t  airfoil section data would -6 of , ... 
limited value f o r  swept win@. Recent theoret ical  woxY of 
V ,  V. Strumtnaky and also of R. T. Jones reported i n  re'ferdncei 1 ' .. 
and 2, however, .have indicated that a i r M i l  section $sta sh~uld  Have 
a wider icope of application in the d e a i s  o f  high-as$ec t-katih 
swept wings. In  -such use, the aerodynamic character is t ics  of &e 
a i r f o i l  section norm1 t o  the swept b a a i n g  edge are used together . - ,  
with the Reynolds and ~s,ch'aumbers corresponding to the norm1 ', . . 
component of the freg-etream velocity. According t o  the -preeent 
knovlehge, t h i s  is themet logical  prboedure f o r  the relect ion-  o f "  . 
a i r f o f l  sections of a high-aspect-ratio wing e i the r  s t r a igh t  o r '  . . 
swept. ~ l t h o u g h  th9 q u d i t a t i v e  u d  of a i r f o i l  sectioh data  i s  . - 
made in  ths design of swept wings, it should not be f n f e m d  that  
such data may be used quantitatively.  In view of the afo~~emntionod 
applicati.on it was thought tha t  a review of irmportant high-speed ' 

properties of eeve.ra.1 W A  6+reir$es a i r f o i l s  would be of in t e res t .  
A large pa r t  of the data  which w i l l  be presented bas already been 
reported ln-references 3 and 4. 

4 a. . 
It is .geperaJJy known that the reduction i n  the l i f t  and the 

abrupt increaae i n  the drw of an a i r f o i l  soction ( i n  other words, 
the divergence of forces) occur a t  speede somewhat greater then the 
a i r f o i l  c r i t i c a l  speed. Since the force-divergence Mach numbers 
f o r  a given a i r f o t l  are of' part icular  In teres t  i n  the design of 
win@ fo r  h i m p e e d  a i r c ra f t ,  it ha6 been suggested tha t  the c r i t i c a l  
Mach number might be used aa a comervative i,ndication of these Mach 
numbers. In figure 1 is shown a calculated curve of c r i t i c a l  Mach 
number fo r  the IUjCA 64-210 airf'oil section. This curve waa deter- 
mined from the Kandn-Jrsien relationship between the c r i t i c a l  Mach 
numbers aad ths peak incompressible pressure coefficients of the 
a i r f o i l .  The extreni t iee  of the curve are determined by the pe&k 
pressures a t  the a i r f o i l  badiag edge, whe'reas the center pa r t  is 
determined by the peak pressures which We', f o r  th i e  a i r f o i l ,  a t  
0.4 chord. For conparison, curves of l i f t -  and drag-divergence Mach 
numbers determined Prom exper$mentZtl resu l t6  a re  also shown. 
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It can be seen i n  figure 1' t h a t  the c r i t i c a l  Mach number curve 
is entirely inadequate-i& indicating tbe range of lift coefficient 
over which the l i f t -  and dra6piivergence Mach numbers are tho 
highest. Only i n  the center part does the curve of c r i t i c a l  Mach 
number approximate the force-divergence Mach number curves. This 
center part of the critical-Mach number curve is quite close to  
the curve of drag4iverej;ence Mach number, but the curve of l i f t -  
divergence %ch number is  about 0.025 Mach number higher. For every 
l i f t  coefficient shown i n  t h i s  Pigym, the &ch numbers o f . . l i f t  
divergence are greater than the Mach &ere of drag divergence. A 
co*ison of e x p e r i ~ m t a l  and calculated c r i t i c a l  Mach nwnber curves 
has shown very good w e e m n t  between. the center p t  of: the curves ; 

. the extrendties of tihe exper imnt4 curve, boweyer, came between 
those of b curve6 of.calCUle;ted crttical Mach number an4 the curves 
o? f~rce-diV3rg9~ce Mach nunibere. It i e  apparent, the~,.*t the 
~mdn4Cs ien  relation overestimates the hcreases i n  peak pressures 
a t  the a i r fo i l  leading edge. It is quite significant to  not@ that 
tBre are greater differences between-the force-divergence Mach 
numbers and the c r i t i c a l  Mach nwpbers when the c r i t i c a l  Mach numbers 
have beon detewned from peak preem'es a t  the a i r f o i l  leading edge 
than when they are determined from peals pressups located aomswbt 
behind the leading edge. This i q  explained by the fac t  that a t  a 
a v e n  increment i n  Mach number above the c r i t t c a l  the extent of the 
region of supersonic flow a t  the leading edge is  much lees than the 
correspaading region of flow a t  a position on tW a i r f o i l  somekhat 
behind the leading edge. Theee remarke are also applicable to  other 
a i r foi la  besides the IUCA k e r i e s  type. 

Tb dispo'sition of these curves of calculated c r i t i ca l  Mach 
n m b r s  and experimental lift- and drag-divergence Mach numbers 
for other th in  IUCA &aeries a i r fo i l s  can bs expected to te similar 
to  that shown in figure 1. A t  low lift coefficients the cambered 
a i r fo i l s  have lift-divergence Mach atmbers that are 0 .02 to 0.06 
greater than the dragdivergence Mach numbere. In general, the 
diffarences betww,n these forcedivergence Mach numbere a p p w  ta 
bb the greatest fo r  the NACA 64- and 6 5 4 e r i e ~  a i r fo i l s ,  . Tbe ranges 
of l i f t  c~e f f i c l en t s  over which the force-divergence Mach numbers 
are-the M&heet also appear to be somewhat greater for  these series 
of airpoila. - r 

. -- - 

/ - 
. . Associated with the divergence of a i r f o i l  l i f t  a t .  supercri t i c a l  
Mach nwibers $5 the variati,on of angle of attack required to  maintain 
a eiven l i f t  coefficient and @e reduction i n  a i r fo i l  lift-curve 
elope. Shown i n  figuxe 2 for  several NACA 6 k e r i e s  a i r f o i h  i s  
the effect  of a i r f o i l  thickmse ra t io  and oamber on the section, 
arzgle of attsc-k requimd.to maintain a l i f t  coefficient of 0.1. 
Variations i n  thirr angle of attack az-e significant in that they lead 



. . 
to corresponding changae i n  a i r p l m e  t r i m .  This f i v  8bwa thnt  
for  the cambered a i r fo i l s '  the Mac4 number o$ the abrupt change i n  
angle Of a t tack increases with a decrease i n  a i r f o i l  thickness r a t io .  
It appears, also,  that  th8 large variation i n  angle 'of a t tack is  not 
a l leviated by a reduction i n  thickness r a t i o  but is  delayed to 
higher Mach numbers. The advantage of the symmetrical a i r f o l l  i o  
c lear ly evident when the c v e e  fo r  the NACA 64410 and 64-010 ai* 
f o i l s  a m  compared. Up t o  the '@,ah numbers shown, , the data 
i n d i c ~ t c  t h a t  the symmetrical a i r f o i l  can maintain a constant lift 
coefficient of 0.1 with only very a d  changes i n  angle of attack. 

In  figure 3 are shown the ef'fects of thfclarsss r a t i o  apd extent 
of favorable p r e a a w  ~ r a d i e a t  Q I ~  the section l i f ~ c b e  %opes per 
degree of several EACA &eerie8 a i r fo i l a .  Born the ptaad'point of 
the s t a t i c  lon&tudinal s t a b i l i t y  of e n  a t rp lme ,  the ~ a r i a t i o n 3  of 
the l i f t r c u x ~  slope of the wing are  of appreciable importance. . 
When the lift-curve slope of the wing increases, the downwaeh at  
the t a i l p l a n e  increases cox-mspndingly, leading to  a decrease i n  
airplane s t ab i l i t y ;  and f o r  a decrease i n  the l if t-curve slope the 
converse is true.  The t h i c h e s s  e f f ec t  for  several NACA 6 k e r i e s  
a i r fo i l a  is indicated i n  the upper group of curves i n  figure 3.  
It can be seen tha t  the Mach numbers at w N c d  the l i f  t-curve s l ~ p e s  
begin %u decreaee and ths values of the lif t-curve slopes a t  these 
Mach numbers increaw as the t;hicknees r a t i o  decreases. It i a  of . 
in te rea t  to  note tha t  the maxim value of the Uft-curve slope f o r  
the a i r f o i l  with a 6-percent thickness is nearly three t i m e  as 
large as the value a t  1~ speeds. The effect  of a change i n  the 
extent  of favorable pressure gradient Prom 0.4 chord to  0.6 chord 
for'lQ-percant thick MCA k e r i e s  a i r f o i l s  i s  i n d i c a t ~ d  i n  the 
lowor group of curves i n  t h i s  figure. me data show taat the max im 
values df l i f t c u r v e  alope decrease ae the region of favorable 

' 

pressure gradient becomes -re e x t e u i v e  o r  ae the poeition of - 
~ i -  thickness moves rearward.  he poeitions of e n t u n  thick- 
nees fo r  the m C A  64-, 65-, a a  66-eeries a i r f o i l s  a re  a t  epproxi- 
mately 38-, 41-, and 45-percent chord, respectively.) The Mach - 
numb%& at which the l i f t -curve slopeb begin to decrease seem to  
be the b a s t  f o r  the a i r f o i l  having the greatest  extent of favorable 
pressure gradient. The preceding rernarks can be expected t o  apply 
only to  a i r f o i l s  with small trail--edge angles such " .  a s  those of 
the NACA k e r i e s  a i r f o i l s .  

Data of reference 4 show tha t  the li&-ourve slopes f o r  the . 
NACA 63-210 a i r f o i l  are pract ical ly  ident ica l  with tho99 f o r  the 
I-IACA 64-210 a i r f o i l .  Unpublished data  indicate that camber has 
very l i t t l e  e f f ec t  on the l i f t rcurve  slopes of the thin NACA 6-seriee 
a i r f o i l s  . 7 ., 



Presented i n  figure 4 are  the section drag character is t ics  of 
several mACA 6 k e r i e s  a i r f o i l s  a s  affected by camber and thickness 
r a t i o .  The lower group of curves indicate the e f fec t  of thicknese 
a t  a section l i f t  coefficient of 0.2. These data show that  the 
Mach number of drag divergence increases as the t h i c b e s s  r a t i o  
decreases. Above this Mach nmber the increases i n  drag coefficient 
appear t o  be independent of thickness r a t io .  The upper two curve8 
of $his f i w o  show the variation of ssc t ioa  drag coefficient a t  a 
l i f t  coefficient of 0.2 f o r  the IVACA 64-210 and 64-010 a i r f o i l s .  
Even though a comparison a t  t h i s  Ur't coefficient i s  disadvantageous 
f o r  the synmstrical a i r f o i l ,  the data  show that it has a s l igh t ly  
higher drag-divergence Mac4 number. A t  Mach munbers Juet abgve 
those for drag divergeace 3% data  show t h a t  the NACA 64410 airfoil 
bas the l e a s t  drags; hance, the lirtrdrag r a t i o s  eke the highest f o r  
t h i a  a i r f o i l  a t  t e s e  Mach rrunibers. 

Pitc-hiqflomeqt data f o r  the  rJACA &aer ies  a i r f o i l s  show, in 
general, no large changes u n t i l  a Mach number i n  the v ic in i ty  03 
the lift- anrt draHivergence  Mach numbers has been reached. - 

Corresponding data  fo r  other types of e i r f o i l s  having trailing-edge 
w l e s  considerably larger  tnart those fir the NACA 6-series a i r f o i l s ,  . 
however, have shown abrupt chages  in  the pitching mments a t  high - 
Llft coefficiente whieh hmd iplfcatad ma~ward s h i f t s  of the centez- 
of-passure position. Even a t  low l t f t  coefficients,  the l a t t o r  . 
type of a i r f o i l - h a s  ohown,forward movemente of the posit ion of ces.l;er 
of presaun- e . . For these a i r f o i l s  wl th large t r a i l i n e d g o  angles, . 

thers is  appreciable variation of .  flow separati'on near the trailllng 
edge with small changes i n  airfoSl.angle of attaok. I'he action i s  
effect ively tk.e s& as i f  there were a f l a p  a t  the t r a i l i n g  edge 
defkc ted  i n  opposition t o  the a i r f o i l  angle of attack. . . 

The dqta wMch,have been presented thcs far have been obtained 
at a c h  curnLers as  hieh. 8s 0.9. It is noteworthy t h a t  l a  the Langley 
transonic turnel, which i s  now i n  operaticn, a i r f o i l  preaaure- 
distributi.on qaasuroments may be made a t  a h c h  number of appmximt&ly 
unity.  Sham i n  figure 5 i s  a schematic diagram of thle  tunnel. The 
tmrldl working section ia a c t ~ m l l y  a '+inch annulus between two 
conceatric circular cylinders. The a i r f o i l  models are fixed to  the 
r i m  of a r c to r  having a d i w t e r  equivalent t o  that  of the inner 
cylir,c?er. The m d e l  ro ta tes  within the annulus a t  speeds which 
corre~pond %a Mach numbers as high as  1.4. Since the r a t i o  of twlnel 
h e i ~ a t  to ,miel thickness f o r  t h i s  t u p e l  i s  'almost in f in i t e ,  the 
choking ef fec ts  of the usual subsonic tunnel are eliminated. I n  
order to  prevent the model from opl*ating i n  its own wake and t o  
control tbe model angie of attackC a low axial velocity' i s  induced 
through the annulus. In  order to reduce the e f fec ts  of the boundary 



layer on the tunnel w a l l s  i n  the v lc in i ty  of. th? mgdel, . a i r  from the 
boundary layer i s  removed a t  annular s l o t s  upst-am of the 

. . %: . . . t e s t '  section. . . . . ... 

~ h o k  in  figure 6 are  preliminary preasure-disti+ibution data  
obtaimd i n  the Langley transonic tunnel a t  a Mach number of a?pr~xi -  
mately uni ty f o r  the NACA 66-006 a r f o i l  st zero angle of attack. 
The data  ere  presented as pressure rat ios:  the  r a t i o  of the loca l  
pressure p on the surface of the a i r f o i l  td the stagnation ' 

pressure p, . For c~qarisoxl , .  the. - Prandtl-Meyer , - expansioa was '1 
- 

computed for  the supersonic region df the a i r f o i l .  A comparison of 
theae curves shows that the pressure r a t io s  given by the Prandtl- , 

Meyer expansion are somswhat l m r  than 'the oorresponding press~we . 
r a t i o s  shown by the t e s t  data. Wre is  a very good agreement,' 
however, i n  the shapes of the curves and tfie chordwise p s i t i a n  'of 
the peak pressures. This agreemnt i's kemkabze i n  view of the 
f a c t  that the Prandtl-Meyer expansion is based on the asaumgtions 
tha t  no boundary layer exiets  on the a i r f o i l  @ t ha t  tho sonic , 

flow f i e l d  extends f r o m  the a i r fo i l ,  surface 60 inf in1 ty . The. .+- 
tude of the experimental peak pressure co~esponcte t o  apphxima'teQ 
80 percent of the calculated Prandtl+yer increnent, whereas at - ,  

about- the 25percenWhord pbsi$+m the axperimental pressure 
coz!responde t o  approximately' 40 ' percent. 'Ah analysis of the 1oca.l 
supersonic regiorr pf-NACA a i r f o i l  sectioae tested up ta Mac4 numbme 
of approximateLy 0.9 has been made by Eitzberg and Sluder i n  
reference 5. It was shown tha t  values of the Prandtl-fJleyer incre- 
ments from 40 t o  60 percent, depending upon the conditions a t  the 
beginning of the sonic regton, occur on the forward par ts  of the 
a i r f o i l s .  A conparison of the calculated value of pressure drag, 
from the experimntal  data  preseated i n  figure 6, with correspondiq 
data  obtained from s freely fal l lng body shows good w e e m n t .  

Data fmn 'the Langley 2 b i n c h  h i e p e e d  tunnel f o r  NACA l h e r i e s  
a i r f o i l  sections (reference 6) indicate that the camber fo r  bes t  
l i f t r d r a g  r a t i o  ~ / b  decreases rapidly as. the k c h  number increases 
beyond the point of force divergence. Figure 7 presents typical  
r e su l t s  f o r  the NACA l6-xOg a i r f o i l  family a t  M = 0.775. For t h i s  
par t icu lar  epeed beat L/D a t  c l  = 0.5, f o r  example, was obtained 
with a section cambered for  a deelgn l i f t  coefficient c t ,  o f 

only 0.2. The r e su l t s  indicated t h ~ t  a t  somsvhat higher k c h  numbers 
best  ~ / b  would probably occur with zero camber. Reduction i n  camber 
also reduced 6he an@e-.of-ttack variations required to maintain a 
given l i f t  coefficient throu$hout the transonic-speed range. 

. - 
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NACA 64- 210 AIRFOIL SECTION 
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Figure 1. - Variation of the force-divergence and critical Mach 
numbers with section lift coefficient for the NACA 64-210 airfoil. 
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Figure 2.- Variation with Mach number of the angle of attack 
required to maintain a section lift coefficient of 0.1 for several 
NACA 64 -series airfoils. - 
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Figure 3.- Variation with Mach number of section lift-curve slope 
per degree for several NACA 6-series airfoils. 
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Figure 4. - Variation with Mach number of section drag coefficient 
at a lift coefficient of 0.2 for several NACA 64-series airfoils. 
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Figure 5.- Schematic diagram of the Langley transonic tunnel. 
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Figure 6. - Preliminary pressure-distribution data obtained in the 
Langley transonic tunnel at a Mach number of approximately unity 
for the NACA 66-006 airfoil at zero angle of attack. - 



Figure 7. - Lift-drag ratios for NACA 16-X09 airfoils a t  M = 0.775. 
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AND DRAG CHARACTERISTICS OF A WJIG WITH EWEFiAL ANGUS OF 

SWEEP m' HIGH SUBSONIC SPEEDS . 

By Richard T. Whitcomb 

.- , ' 
. a 

Isn@.ey' Memorial. A&onautical Laboratory 

< 

To obtain detailed information on flow area swept &d unmpt 
' 

wings a t  high subsonic speeds, very extensive .pressure mesaurements 
have been made on and behind a thin,  high--&spect-ratio wing with no 
' m e p  and with 30' and 45' of weepback and mmpfmarb a t  Mach 
numbers from 0.60 t o  0.96 i n  the Langley 8.fobt hlgbspeed tunnel. 
Measurements have been made with and without a i leron deflections; 
and f o r  unswept condition they have been made with and wi'thout 
spoilers, dive recovery f laps,  and brakes. For the ' swept c d n f i m  

' 

' t i o m  neasuremant a have been made with a midwing f uselkg6 $resent, . 
whereas f o r  the ,unpept condition they have been &de with and without 
ths fuselage present, I I 

. . 

The rmasurements have included static-pressure readings a t  ch6rd- ' . 
wise raws of or i f ices  a t  eight s ta t ions slow tbe span of the wing arri 
st one etat ion on the fuselage, t o t a l  pressure masuremen%a a t  various 

, ver t i ca l  s ta t ions behind, the wing, qnd masurementa of the average ard ' 

f luctuat ing &ownwasb eit the pro%abJo hmizmtq3 t a i l  location, Frm 
them ma~uremonts the* norm+-farce, drag, and m a t  c~eff icieir+s,  the 
spanwise and chordwfse ~ r e s s y r e  and load distributions, 'and wake 
patterns have been obtained for  the var iow configurations. The 
major portion of the results i g  now available i n  NACA c lass i f ied  
publications (references I. t o  9). remainder of the results w i l l  

. be made available, in  the' near future . 
. . -  $ <  .s 

Becawe of the l i m ~ t ~ d  anpunt .of time available even a summary 
t discussion of' &l the , r e e u & t ~  obtqded cannot be given. Instead, som 

of the more interest4ng published and unpublished reeul te  pertaining 
t o  the normal force and dm& of the unawept and swept wing without 
a i leron or  spoi ler  deflections a re  discussed b r i e f ly  i n  the present 
paper and E I ~  of the other r e su l t s  obtained 171th ai leron deflections 
are presented i n  the paper en t i t l ed  "Effects of Sweep on Controls, 
I - ~ffec t lvenessq  by Lowry an8 Johneon. The preeent petper includes 

. a brief discussion of some of the var iat ions of the o v e r 4 1  normal- 
force and profile-drag coefficients with Mach number presented i n  

' reference 5 ,  but w i l l  deal primarily with a discussion of the section .' l i f t  and drag oharacteriatics.  These fac tors  indicate where the most 
- severe changes i~ l i f t  and drag occur a t  high Mach numbers and how tbe 

l i f t '  axxi drag characttwietica of' a w i n g  with a given amount of sweep 
yay be improved, The discusaim w i l l  be l imited t o  r e su l t s  obtained 
for caaditione which u s u a l l ~  occur during leve l  f l i g h t  a t  high epseds, 
but the r e su l t s  presented indicate the general nature of the chmW8 

. . . t ha t  . 0-ccur f o r  o t .b r  ,co.nd;ltiona. - .  . .. I . -, 



The model used i n  t h i s  investigation without sweep or fuselage is 
shown i n  f igure 1, The unswept wing has' an-NACA 6F210 section, an 
aspect r a t i o  of 9.0, and a taper r a t i o  of 0.4. The span of the model 
is  37.8; the man chord i s  4.2. The model was supported i n  the tunnel 
by a ve r t i ca l  s t e e l  plate  a s  shown i n  figure 1, The model extended 
from both sides of the plate  which completely s p a w 8  the tunhel and- 
effect ively produced two semicircular t e s t  sections. The advantages 
of such a support a re  descr,ibed- i n  reference 1: 

-.. . I 7  - + .  . . . . . .  - -  L _ . I  - 

Sween was obtained by ro5ating the w i q  with r e s p c t  t o  the s u ~ p o r t  
  late. Pressure ineasurementa made on the tunnel w a l l  indicate tha! the 
model on one s ide of the s t r u t  had l i t t l e  e f fec t  on the-flow on t h e ,  ' 
other s ide of the s t r u t .  A given o v e g a l l  configkat ' ion , reyre~entg ,  , 
therefore, not' 'a yawed model but' mkptback and eweptforward semispari ' 

models. The semispan model with 30' of weepback is shown i n  f i&e 2, 
The loca t iom of the chordwise rowe of pressure o r i f i ces  p e  indicated 
i n  the same f.igure. The f i ~ s e h g e  was placed i n  the midwiw location. 
The t i p  was revised f o r  each sweep t o  be para l le l  with the airatre&. 
With these t i p s  the aspect r a t i o s  of t h e  wing with 30' and 45' of sweep, 
were approximately 7.5 and 5, respectively. Sweep is based on the' 
quart e-ho~d. line. , , 

, . 7 - 

With the  model i n  place the tunnel choked a t  Mach numbers of 0.945, 
0,975, 'aad 0.g8j; appr'oximitely, l o r  no sweep, 30°, and 850 pf beep, 
respectively, The data- obtained at these choking Mach .numbers a r e  not , 

appficabla t o  tho prediction of the wing c h a f i c t e r i s t 1 ~ 8  i n  f r e e  a i r  
and these data  are  not.$resented. The da ta  obtained a t  Mach numbers 
of 0.925 and 0.96 for  the unswept and swept. conditions, respectively, 
a3;e e f e c t e d  t o  only a s l igh t  d e c e e  by choking tendencies, and pressure 
data  obtaiiled a t  these k c h  numbers are presented. W u h  the wt&e-survey 
support s t r u t  i n  place the tunpel choked a t  a Nach' number of 0.89. 
Pressure measurements indicate tha t  the tunneZ choked! at  the support 
s t r u t  &hind the model and t h i s  choklw did not effect  the f i e l d  ~f 
flow a t  the m d e l  but merely l imited the maxim t e s t  h c h  nuniber, 
Data obtained st t h i s  b c h  number me', therefore, presented. . 

Frerrented in f i p r e  3 a re  o&atioq8. of t h e  wing normal-force coef- 
f S cients  obtafned ' *om' the pressure measurements with Mach number fo r  - 

the varioue sweeps a t  an angle of a t tack 0 f - 2 ~ .  The normal-force coef- 
f i c l en t  for  the unswept wing star ted to.decreaso due t o  the onset of 
shock a t  a Mach number of approximately 0.75, The normal-force coef- 
f i c l e n t ~  for  the wing with 30° of sweepfolward and sweepback s tar ted 
t o  decrease a t  a h c h  number approximatolg 0.1 greater than the Mach 
number a t  trhlch the coefficient fo r  the wing ~ 5 t h  no sweep s tar ted t o  
decrease:. There a re  no losses in the normal-force coeff ic ients  for  
the wings with 45' of sweepforward an$ sweegback, Not only i s  the 
Mach number atlwhich the normal-force coefficients decrease delayed 

' - 



f o r  30' of sweepforward arrd sweepbeck but more important t he  magnttude 
of the changes is reduced, The megnitpde of the change f o r  the swept- 
forward condition is lea8 than tha t  f o r  6he aweptback condition. 

P a r t  of these variations a re  dpe t o  changes i n  thq.aspect ra t io .  
However, it i s  believed tha.6 ths.major portion of the chnnges 18 due 
t o  the e f f ec t s  of eweep. For .the angle of a t tack f o r  which data are 
preeented, the normal-force caef?icienta are  generally very nearly 
equal t o  the l i f t  coefficients a d  it' may be a s s m d  tha t  the variations 
of the normal-force coefficient wfth Mach number prese-nted are the same 
a s  the variations of ' the  l i f t  coefficient with Mach number. 

I ,  

presented i n  figure 4 are  variations of the wing p r o f i l e 4 m g  --- coei 'f icient~~ -obtained from the h k e - s m e g  m a m m s n t a  with Mach number 
f o r  the various sweeps a t  an angle of eEttaok of 2O.' The wing profile- 
drag coefficient f o r  the wing with no m e p  increased rapidly due t o  
the onset of shock a t  a Mach number of approximately 0.75. The wing 
prof ile-drag coefficient f o r  the wing with 30° of sweepback increased 
ragidly a t  a Mach number approximately 0.08 greater than the Mach 
number at which the drag incl.e&se occurred on the wing with no sweep. 
TIp wing profile-drag coefficient fo r  the wing with m~eepforward 
s ta r ted  t o  Increase padua l ly  ati approximately the same Mach number a s  
$bat at,  a i c h .  tha raptd Increase in. drag ooeff ic ien t  occurred f o r  the 

' 
wing without h i p  and iircreased abruptly a t  the Mac11 fiumber a t  which 
the  eimils,r abrupt increase occurred f o r  thq wing with 30° of sweepback. 
The wing wi$h 45O eweepback experienced no large increase i n  the profile- 
drag coeff icfent  , \ 

. A comparison of the mea~ured l o s s  i n  normal-force coefficient and 
increaee in profile-drag coefficient produced by the occurrence of shock 
for a m e p  angle of 30° and an angle of a t tack of 2' with the changes 
predicted f o r  the same condition by use of the character is t ics  of the 
unawept wing asLd the simple sweep theory i s  presented in figure 3. '  The 
naeaeured o h q s  a m  shown as  heavy l i m o ,  the predicted a s  sashed l ines ,  
The m a m d  l o s s  i n  normal-forte coefficient is  almoat exactly the same 
aa the predicted loss .  The msaaured increase i n  drag coefficients 
occurs initiaU3 a t  about the saaas Mach nmber a s  does the predicted 
increase but i s  more severe than the predicted increase. The agreenasnt 
between the measured and predicted variation8 is much cloeer than any 
previoua eimflar comparison hae sham. The closer agreement is  believed 
t o  be due t o  the rel ieving effect  of the midwing fuselage on the flow 
around the root of tho swept w-lng. 

Preeented i n  f i b  6 are  spamise variations of the eection 
n~rmal-f orce and section prof i l e d r a g  coef f icienta f o r  the wing without - sweep a t  an angle' of a t tack  of' 2' a t  various Mach nirmbers, obtained 
from the pressure and wake measurements. B e c a m  of the asymmstrical, 
three4imenaional flow around the wing, the spanwise pariatione 



of section profile-drag coefficient obtained from wake msasurements 
made behind the wlng are not exactly the sane as the actual qmwise  
variat ions of the coef f ic ien ts  at  the wing. The variat ions f o r  a l l  

. sweeps are b l i e v e d  t o  be very nearly correct, however. The spanwise 
variat ion of section normal force a t  a Mach number of 0.6 i s  very 
nearly the ~ a m e  a s  t h a t  predicted by use of potential.-flow theory. 
The section profile-drag coeff ic ients  f o r  the various sections are  
very nearly. the 8a;ne mdue f o r  a Mach rimer of 0.6, 

'. - 7 - '. _ . " - ' * ,  

When 'the Mach number is  increased beyond the c r i t i c a l  value, the 
normal-f orce coeff ic ients  f o r  the various sections decrease and generally 
tIze sect ion prof ile-drag coefficients'  increase. The increase i n  normal- 
force coefficient and tbe decrease I n  drag coefficient occur a t  higher 
Mach nunibers snd are much l e s s  severe f o r  the sections near the t i p  ,-, 
and root, however. The delay in the Mach m b e r  a t  .which the  increase 
in drag coefficient occws on the  t i p  is so  great t ha t  no b a g  iqcrease 
occurs at  this ' region 'up t o  t& bigheat te.st Mach nvsnbgrs. . 

Z r  

The delay@ .+d mductiona of the 'changes a t  the 'tip may be a t t r i -  
buted t o  the tkree-dimensional flow around the t ip .  This flow reduces 
the induce$ veluci t iee  over the t i p  sections, thus increasing the 
Mach numbers at which severe s l m k  occurs on these sectione. Also*, 
because of this f l w  the a i r  is directed inward over t,he upper svrface 
of the t i p  aections an6 the t i p  effectiirely ha$ melrforward. The1.. .- \ 

delay'and reductions qf the changes a t  the root sections may be a t t r t -  .. 
buteat %d the r'elieving efYect of the midwing fuselage .. - . . . %  

- -- - - 
- Sirnil& spanw3se variations of the section normal-force coef- 
f f c i en t  and the section prof ile-drag coefficient f o r  tho wing with 30° 
of sweepf o m C f  f o r  an angle of a t tack  of 2O at w i o u g  Mach numbers . ' 

are 'presented in' figure 7. The epanwise variat ion of eectlon normal- 
f oxee oueff3dient' a+ a Mach ntrmber of 0.6 113 wry nearly th6 same as 
tha t ;  W d i c t e d  by use of potential-flow theory. The section profile- 
drag coefficient6 f o r  the various sections are  very nearly the same , - 

. . 
a o m w s ' t b  ,eenlispasl. This spanwise uaiformity of section pr8ffle- . 
drag coefficient indtcates tha t  there is  very l i t t l e  spanwise flow 

- of pir fa. the- %p~dary  layer on a. weptf orvta.rd wiq  a t  the angle ~f A 

a t tack  for which these"dakava& presented. When thk Mach number is - 

increaeed beyond a Mach number of 0.8, the section prof i le-drag coef- 
f i c i en t s  f o r  the root eectians increase. TPle graduel increase i n  the 
cmer-d.1 drag coefficient f o r  the meptforward wine;, which occurs at , 

approxlk te ly  the d lhch nmber as shown i n  f lgure 4, m y  be attri- 
buted t o  t h i s  r i s e  in the coefficients f o r  the root. When the Mach 
nmber i s  increased up t o  the highest t e s t  value, the sect ion profile- 
drag eoeffioiants f o r  the roat; sections becam very large. The section - 
prof i l e d r a g  c'aef ff cients far the. autbdanl ~ e c t i o n s  r i ee  only elightly,  
however. In  fact ,  the $acreasee i n  the section profile-drag coefficient 
with Mach number f o r  these outboard sections exe l e s s  than those predicted 



by use of the ehp3-e sweep theory. A s  a result, the  abrupt increase 
i n  the over-all  drag ccefficient f o r  the eweptforward wing, which 
occurs at  a Mach number of approximately 0.85, may be at t r ibuted 
primarily t o  the increase in the section profile-drag coefficients 
at the root sections. There i s  no severe reduction i n  the section 
normal-force coefficiente fo r  the root sections associated with the 
increases in the section profile-drag coefficients f o r  these eectiona. 
Similar ea r ly  and severe chmgea i n  the section p r o f i l e d r a g  coef- 
f i c ien t  e a t  the wing-f uselage juncture occur with 4.5' of sweepf orward, 

Because of the sevem separation of the flow near the wing- 
fuselage juncture associated with the large increases i n  drag at 
these seotions, the w a b  behind t h i s  juncture i s  very large a t  the 
higher Mach numbers; and due t o  the  large wake, the downwash a t  the 
probable t a i l  location changes by very larm amounts at re la t ive ly  
low Mach numbers i n  comparison with the Mach nunbere a t  which the 
changes occur behind the wing with a similar amount of aweepback. 

The reason f o r  the ear ly  abrupt separation of the flow a t  the 
root sections is ehom by the pressure measurements ma& on the 
eurface of the wing. Presented i n  figure 8 are contour maps of the 
greesures measured on tbe upper surface of the wing with 30' of 
eweepf orward f o r  en  angle of a t tack of 2O a t  a Mach number o f  0.6. 
The sol id  l i n e s  show the l i n e s  of constant pressure coefficient;  
the dashed l i n e s  indicate the lines of peak pressure. The contours 
iadicate very high negative pressures or  h i @  induced ve loc i t ies  a t  
the leading edge of the root sections,  Because of these high induced 
veloci t ies ,  the c r i t i c a l  Mach numbers f o r  the root sections are much 
lower than the c r i t i c a l  Mach numbers f o r  the sections fur ther  out- 
board and it would be expected tha t  severe shock woad occur on the 
root section8 and t ha t  the f lou  wek. these sections would separate 
at much lower Mach numbers than it would a t  the outboard. sections. 

The high negative p r e s s m a  on the leading edge of the root 
sections may be at t r tbuted t o  the induced flow associated with 
meptforward w-8. It is believed tha t  the pressure peaks may be 
reduced, and thns the ‘critical Mach number and the Mach number a t  
which shock occurs may be increased, by reshaping the fuselage and 
by washing out the root sections. Reshaping the fuselage alone would 
probably not completely eliminate the pregsure peaks since the effect  
of such a reahaping would be local, while the pressure peako extend 
over a considerable region of the wine leading o d p .  

- Spanwise variations of the section normal-force coeff ic ients  and 
eection p r o f i l e 4 m g  coefficients f o r  the wing with 30° of eweepback 
fo r  an angle of a t tack of 2' a t  several Mach numbers are presented 
i n  figure 9. The epanwiee variat ion of aect ios  normal-force coefficien 



for a Mach number qf '0.6 is again very nearu the same as that pedicted 
by use of po€enti'al-4low thea+y. The secti on prof ile-drag coefficients 
are pery nearly the Bane for each of the-sectionb along the semispan. 
When the k c h  qumber is increased from 0.6 to the highest teat value, 
the varioue section8 experience reductione in the normal-force coef- 
ficiente-and increases in the profiledrag coefficfenta as would be 
expected. The reductions in the normal-force coefficients and the 
increases In the profile-drag coefficients occur at lower Mach numbers 
and are much more severe at the outboard sections than at the inboard 
eections. The increaees in the profile-drag coefficient for the tip 
sections are 86 @evere that at the highest 'test k c h  number, a lhsch 
number of 0.89, the section.profil&ag cqefficient for these sections 
far the e~wptback wing'are seater than thoselfor the tip sections of 
the unswept wing. Near the-winefuselage juncture the drag coefficiente 
moasvred at the higheat teat M~h,numher are.the same as thoee measured 
at 'a  k c h  number of 0.6. Those data indicate spanwise variations of 
the changes in the eection characteristics aseociated with the onset 
of shock which are  exactly opposite to those which were thought to 
occur on eweptback w i ~ s .  Instead of the initial and moat eevere 
changes occurring at the-roo*, they occur at the tip. 

- ' With k5O of sweepback, the spanwise variatlm of section normal- 
farce and section profile-drag coefficients are marly the same for 
aU Mach manibere up to the higheat teet value. Hmrever, the wake 
masuremants made behind this wing at a Mach zaunber of 0.89 indicate 
a slight initial increaee in the drw coefficients for the tip sections. 

,.. 
The early r;nd eetrere changes in the characteristics of the tip 

sections may be attributed to thee factors: Lower c~itical M~ch numbers 
for the tip sections, the distribution of preseurcs on the tip sections, 
and the inflm over the upper surface of the tip eection. -The contour 
map of the pressure coefficients far tho upper surface of the wing 
wfth-30' of sweepback far an angle of attack of 20 at a Mach munber d; 
of 0.6 is preeented in figure 10. Becauae of Ohs relieving effect of 
the fuselage, the maximum pressure coefficicnts at the root section6 
a3.e lees than the maximum pressure coefficlente far the sections 
f'urther outboard, Due to the induced flow, peculiar to sweptback wings, 
presaure peaks occur on the leading edge of the sections near the tip. 
As a result of this sp&ise variation in peak pressures, tho critical 
k c h  numbers for the tip sectiom m e  less than thos8 for the root 
sections. Rear the tip the distribution of pressure is change4 in 
such a manner that th5 region of maximun pressure coefficients slopes ' 
forward with respect to the swe~t span of the.wing. Acsuming that 
shock o c c ~  initially in the region of maximum pressure coefficients 
it may be deducted- that the effective sweep of the tip hections i~ leee 
than the geometric sweep of the,.wing. ~ecauee of the flow around the 
tip, the flaw over tihe upper surface of the tip sections l e  directly 

. .. 
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and the effective eweepback of the t i p  mctians ie f'wther 
reduced. Epch of these factors would lead t o  ear l ier  d , m o n ,  severe 
separation and changes i n  the eection mrmel-force coefficient8 and 
section profile-drag coeff~ciente near the t ip.  

None of the preoious1.y msntioned factms -ins the e m a r d i n a r y  
delay i n  the 3ncreaees of eection profile-drag coefficients far the root 
eectiono. The contour map of the pressures meamred on the upper aurface 
of the wing-with 30° of eweepback far an angle of attack of 20 a t  a Mach 
number of 0.83 (f ig,  U.) indicates the probable reasan $or t h i s  delay. 
A t  th i s  Mach number, there is a severe shock dong the entlre  emi is pan 
of the Mng ss Indicated br the very severe Exhorse pressure gradient 
near the trailing edge. This shock appears t o  be normal t o  the streem 
and very near the trailin8 edge 8% the ax@=-fuselage juncture. It .* 

wauld be expected that t3q& a etrorag n e  shaclq would lead t o  seven  
separation a t  Che wing-ibselage juncture, The pressme recmery behind 
the ishock inlticates, however, that  very l i t t l e  separation is produced 
by the shock. 

Sinae the i n i t i a l  and moat severe changes i n  the section charac te r  
t s t i c s  occur a t  the tip, it mlght be expected that  the changes in the 
oVercall n o d - f o r c e  and profiJ,drag coefficient for  the w i n g  with 
sweepback could be delayed and perhaps reduced by washi% out the t i p  
eections t o  reduce the angle of attack of these sections which experience 
the most severe changes, No data have been obtained t o  ehar the effectu 
of washout on tho changes i n  the normal-force and p r o f i l d a g  coef- 
ficiente; however, pressure data have been obtained on the w i n g  of the 
present discussion with aileron deflect3on of -5' which should simulate . 
t o  a cssta3n extent a -shout oonditian. The normal-force reeulta 
obtalned with t h i s  aileron deflection indicate that a definite reduction 
i n  the changes of the normal-force coefficient with Mach number for the 
wing with 30° of mepback is produced by such a deflection. Washout 
aaplied to the rbg t o  imprmo tbe blgb-speed cWacte2iet lcs would 
also probably improve the landing ctraracteristice of the wing but mlght 
produce adverse changes i n  the l a te ra l  s t ab i l i ty  and control character- 
i s t i c s  of the wing. 

' The results  of detailed preseure measurements made on and behind 
a higbaspecfrratio w i a g  with and without sweep a t  high eubeonic Mach 
nmbere indicate that the i n i t i a l  and most severe chaQ3es i n  the normal- 
farce and profile-drag characteristics occur a t  the t i p  for  sweptback 
wings and a t  the root for sweptforward wings. The results  also indicate 
mew of improving the h igb~peed  normal-force and profile-drag charac- 
t e r ie t i cs  of a wing with a given amount of weep. 
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Figure 1.- Photographs of unswept wing without fuselage. 
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Figure 2.- Plan view of wing with 30' of sweepback. - 
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Figure 3.- Variations of wing normal-force coefficient with Mach 
number for a = 2O. 

Figure 4. - Variations of wing profile -drag coefficient with Mach 
riumber for a = 2O. 
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Figure 5.- Comparisons of measured and predicted variations of 
wing normal-force coefficient and wing profile-drag coefficient 
with Mach number for A = 30'. 
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Figure 6. - Spanwise variations of section normal-force coefficient 
and section profile-drag coefficient for A = O0 and a = 2O. 
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Figure 7. - Spanwise variations of section normal-force coefficient and 
section profile-drag coefficient for A = -30° and a = 2'. 

Figure 8.- Equal pressure-coefficient contours for A = -30°, 
a = 2O, and M = 0.60. 
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Figure 9. - Spanwise variations of section normal-force coefficient 
and section profile-drag coefficient for A = 30° and a = 2O. 
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Figure 10.- Equal pressure-coefficient contours for A = 30'. 
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Figure 11. - . Equal pressure-coefficient contours for A = 30°, 



m m  (xLARACTERISTICS OF XIG3SFmD W I N %  

By Herbert A. Wilson, Jr . and hurence  K. Loftin, Jr . 
Langle y b n u r i a l  Aer.oaautica1 Laboratory 

The wings of a i r c ra f t  designed to  f l y  a t  transonic Mach numbers 
a re  usually cbaracterieed by thin a i r f o i l  aectiona and, i n  most cases, 
low aspect r a t i o  and considerable sweep. The poor maximum l i f t  
character is t ics  of such Kings and the d i f f i cu l t i a s  associated with the 
prediction of the i r  cla.xracteriatics have greatly complicated the 
pmblem of desigping high-speed a i r c ra f t  t o  larid a t  speeds within 
the capabi l i t ies  aven of highly sk i l led  p i lo t s .  Considerable e f f o r t  
i 8  therefore being directed toward the improvement of the maximum 
lift character is t ics  of winga sui table  fo r  high-speed applications. 
The present paper f i r s t  reviews the development of high-lift device8 
i n  two dimensions; eecond, surveys th@ available laroe scale data  of 
the characteristic8 of three-dimensional wings; and third,  indicates 
b r i e f ly  the correlation between the character is t ics  of swept and 
unwept wimp. 

??le high-lift devices investigated are in the following two 
chE4aes: those which me applied t o  the t r a i l i n g  edge of the a i r f o i l  
and those which sire applied to  the leading edge of tbe a i r f o i l .  For 
a i r f o i l s  which axe only m d e r a b l y  thin, a section maxiruum l i f t  
euff ic ient ly  high ofton cap be obtained by the use of a sui table  
trailing-edge device alone. For th in  a i r f o i l s  o r  fo r  a i r f o i l s  having 
sharp leading edges, however, the large peak negative pressures 
near the leading edge and the subsequent highly adverse preesure 
gradient cause laminar separation near the leading edge. Accordingly, 
it is necessaxy to use a leading-edge device designed to lower this 
peak and reduce the adverse pressure gradient i n  order t o  obtain 
k r g e  increases i n  the section maxinaun l i f t  coefficient w i t h  these 
a i r f o i l  sections . 

Double s lo t ted  f laps have long been known t o  provide about the 
kirgest gains i n  l i f t  of all, types of trailing-edge f laps.  In 
figure 1 are shown resu l t s  obtained with the NACA 65-210 a i r f o i l  
equipped w i t h  such a f l a p  and aleo with single s lot tod and with 
8 p U t  flaps.  (600 reference 1 .) The re su l t s  berein shown and those 
f o r  fdgures 2 to 4 have been ob ained with a two-dimeneional setup g a t  a Reynolas nunbor of 6 x 10 , which corresponds approximately 
to t ha t  fo r  an airalane with a 6-foot-chord wing l and iw a t  130 miles 
per hour. The re la t ive  m r i  t of the typesVof flap is  c l e u l y  shown. 
The highest maxinnun Zi f t  boefficient obtained was about 2.80 with 
the double slotted f l ap ,  The values shown for the two types o f  
s lo t ted  f l ap  are fo r  the optlmum locations of f l a p  and vane and,if 
such f laps were applied t o  a three-dimensional swept wing,sorne fur ther  
experimentation might be required to ineure t ha t  - the optimm location 
renptns the , .  SF. . . . -.. . .. . . 
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The ef fec ts  of section thio&ess r a t i d  and the location of minimum 
pressure a t  the design lift coefficient have been investigated f o r  a 
number of NACA kri3f i  a i r f o i l s  w i t h  double ~ b t t e d  f laps (reference 2 ) .  
I n  figure 2 the l e f t  side shms t h e  variation of mximum l i f t  coefficient 
with thickness r a t i o  fo r  a i r f o i l s  w i t h  a desjgn l i f t  coefficient of 0.2. 
The variat ion is seen t o  be approximately l inear  f o r  both smooth and 
rough a i r f o i l s  over the t e s t  range. On the right side data indicating 
the effect of minimum pressure, location a t  the deaign l i f t  coefficient 
a re  shown for 10-gersdnt-tkiek airfoils with a design lift coef~ici 'et l t  
of 0.2. The m x i a m  l i f t  coefficient is seen t o  deci-ease l inear ly  
a s  the posit ion of minimwn pressure move8 rearward. ( ~ e p  curve fo r  
emooth, a i r f  o i l s  i n  f i g .  2. ) For rough a i r f o i l s  the minimum-pressure 
location is unimportant. . . 

It should be pointed out herein that theea high maximum lift coef- 
f i c i e n t s  a r e  a l s o  accompanied by high negative pressure peaks. a t  the . 

ieading edge. Inamucb a s  high landing speeda a re  being considered fo r  
many high-speed a i r c ra f t ,  it is altogether possible t h a t  maximum l i f t  
coeff ic ients  different  from those shown might be obtained because of 
Mach number effecte (reference 3 ) .  

The effectiren&s of leading-edge devices 3n increasing the  
Mximum l i f t  is  shown i n  f igure 3 .  These results'were obtained with a 
NACA 4 1 4 1 2  a i r f o i l  section equipped wich a s p l i t  ilgp, vlth a nose 
f l ap  of the type that is hinged out from the lower surface, and with 
a ncse f lap  extending tangentially Pram the upper surface a t  the leading 
edge (reference 4).  It is seen tha* the mximm effe~tiveness - 
o.f the nose f laps  is  only realized when they a r e  used i n  conjunction 
with the trailing-edge f lap .  Also, the tangential  type of f l a p  is 
aeen t.o gfve samewhat be t t e r  r e su l t s  than the lower surface type, 

. . 
The leadin-dge devices discussed horein a re  not the only ones 

that could be ma'de effect ive.  Any leading-edge device which tend$ t o  
reduce the negative pressure peak and the adverse pressure gradient 
a t  the leading edge should be effect ive i n  increasing the maximum 
l i f t  of a t h i n  a i r f o i l .  

An ihdication- of w&t can be accomplished on th in  biconvex a i r f o i l s  
- 

with anothor such device is shown in  f igure 4. k droop nose of 0 . 1 5 ~  
and a-pla in  t r a i l i q - e d g e  f l a p  of 0 . 2 0 ~  have been inveatiga%ed on a 
biconvex a i r f o i l  Lp'ercent thick. (See reference 5.) The higheet 
maximum l i f t  coefficient of nearly 2.00 was obtained with the Leading 
and t r a i l i r ~  f laps  a t  t he i r  optimwn deflections of 30' and 60°, 
respeotively, Substantially the same results were obtained with the 
10-percent-thick biconvex section and with 8 &)ercent-th ck RACA bir-aeries t aection between Reyrro1.de numbera of 3 x 10 an&. 9 x 10 . Recent - 
t e e t s  of an IJACA 63-006 a i r f o i l  ind cate a favorab e scale e f fec t  t between Remolde pumbere of 9 x lo6 and 25 x LO ; whereas over 
the same rarqe ' t5e  bicoGex sections show no ecaie e f fec t .  These 
reeul t s  Indicate tha t  a t  &percent +tblckneea a s  wall as a t  a b ~ u t  '+to 



10-percent thickness the conventional section my have same s l igh t  
advantage from a roaxim~u l i f t  s tanddoint . - 

The discilesion has thus f a r  deal t  only with twc4imensional 
resu l t s .  A t  preeent no adequate method has been developed f o r  predicting 
the high-angle--of-attack character is t ics  of swelt wings. Such studias 
a s  the ones by Sive l l s  and Neely (reference 6) and S ivs l l s  (reference 7 )  

. - i n  which nonlinear section data have been applied t o  the calculation 
of the character is t ics  of unswept w i q s  and those described i n  refer- 
ences 8 and 9 i n  which 1ifti~i.g-line and l i f t lw-su r face  theories have 
been applied t o  the calculation of ~ w e p ~ r i q  character is t ics  st low 
and moderate anales of a t tacx together with the section data form a ' 
valuable background won which to base conjectures a s  t o  the probable 
e f fec t  of various mobif ications t o  swept wings. It is  necessary however 
t o  re ly  on large scale eqer-nt fo r  the f i n a l  quantitative evaluation 
of the character is t ics  of wings havlng aw considerable amount of 
sweep. 

\ 

I n  anaver t o  the need f o r  an organization of the data p e r t a i n i ~  
t o  the maximum lift character is t ics  of swept w i r ~ e  S?reberg and Llnge 
have mmmarized the existing data (reference 10) , The principal 
emphasis i n  t h i s  report  was cn the ef fec ts  of Rey~lolds number and the 

I importance of obtainiqj swegt-winz r e su l t s  a t  the highest poasible 
scale was established. Stnce the investigation of reference 10 was 
made, a numb-or of larg Reynolds ntmber Investigations of the high-lift- 
r a w e  character is t ics  of wings for  hizh-speed a i r c r a f t  hqve been ccmpleted 
i n  the Ungley 19-foot gressure tunnel, the Langley fu l l - sca le  tunnel 
and i n  the Anme 40- by &-foot tunnel. Theee investigations have been 

. O l o s e l ~  correlated but the configurations have not i n  general been 
suff ic ient ly  systematized t o  allow the isolat ion of the effecta  of sweep 
angle from those of aspect r a t i o  and taper r a t io .  It is possible a t  
t h i s  tine, however, t o  draw a number of useful conck~eions fram these 
resu l t s .  

7 .  

The infonoation of the c h r a c t e r i e t i c e  of three4imensional wings 
presented i n  figures 5 t o  14 is only a very br ief  sLlmmary of the t o t a l  
of the i n f o m t l o n  tha t  i s  available.  The detailed t e s t  resu l t s  and 
analyais a re  contained in  references 11 t o  22 and a few other prospective 
reports .  

The f i r s t  -effect t o  be discussed is tha t  of ~ ~ d l d s  n ~ i b e r .  
Figure 5 shows the maximum-lift-coeff icient '  variation with Reynolds 
number obtained with four swept wings. Generally apealring the effects  
a r e  small. Tho most significant r e s u l t  is a a l l  increase i n  the 
maximuxi l i f t  coefficient between Reynolds numbers of 4.2 x lo6 
and 5.5 x lo6 f o r  the wing having 4a0 sweep end NACA 6 4 L - ~  a i r f o i l  

- sections. This increase is rather  unimportant i n  i t s e l f  but i s  
accompanied by eignif icant improvements i n  the 1one;itudin.l s t a b i l i t y .  



Adding standard roughness t o  the wing a3 sho~m by the dashed curve 
decreases the lift coefficient over the en t i r e  range and eliminates the 
favorable ~ c a l e  effect .  The game wing with biconvex a i r f o i l  secticns 
shows no scale  e f fec t  with!n the t ~ s t  range just a s  was tho cam for  
the twodjmensional a i r f o i l  resu l t s .  

The wing with 48O sweeg had lower scale e f fec t  even than the 42O 
swept wing and the  changes s t i l l  occur below a Reynolds number of 
5 x lo6. A l l  of the r e su l t s  shown hereinafter were obtained sbove 
t h i s  c r i t i c a l  range. 

Imsmuch a s  the experimental i n foka t ion  obtained herein has been 
obtained both with and without fuse'lage, it is desirable f i r s t  t o  
examine the e f fec t  of' the fuselage on t'ne mximum lift charact&ris t ics  
s o  t h a t  both types of r e su l t s  can be used l a t e r .  Figure 6 shows the 
r e s u l t s  of a se r i e s  of t e s t s  made with a 4p0 s w e ~ t  wing of a s i ec t  r a t i o  4 
with a fuselage i n  the  hi@-wing, the midwing, and the low-wing locations. 
The fuselage had a re la t ive ly  small e f fec t  on the mximun l i f t ,  The 
drag of the fuselage likewise i s  an unimpoi-tant factor  in the high- 
l i f t - coe f f i c i en t  range. The ve r t i ca l  locatiorl of the wing on the 
fuselage made no difference fo r  the plain-wing re su l t s  and i n  the high- 
l i f t - coe f f i c i en t  r a w e  lade no difference with the flapped w i x .  

3 

The same coirclusions do not, however, apply t o  the longitudinal 
s t a b i l i t y  character is t ics  a t  the s t a l l .  I n  t h i s  connection a few 
s t a b i l i t y  effects ,  where they are of f i r s t -order  importance, w i l l .  be 
pointed out during the discussion of t ae  resu l t s ,  However, the 
s t a b i l i t y  of swept wings i n  the low-apeed ranges 13 the subject of a 
paper t o  be presented a t  t h i s  conference by Mr. DonIan ent i t led  
"Current Status  of Longitudinal Stabi l i ty ."  

 he next variable discussed is tha t  of a i r f o i l  section, Rosulte 
a r e  shown i n  figure 7 f o r  three wings - one with 4 2 O  sweep, one 
with 4.g0 sweep, aad a a0 delta  w i n g .  Airfo i l s  of conventional 
section and shape a r e  represented by the NACA @kl-112 a i r f o i l  sectiona 
(perpendicular t o  quarterehord l l n e )  i n  the first two cases and by 
the NACA 0 0 1 w  a i r f o i l  (root section) i n  the th i rd  case. The very 
t h i n  sectiona are rezresented by biconvex sections l b p e r c e n t  thick 
and i n  the case of the del ta  wing a re  s l eo  represented by adding a 
sharp leading edge t o  promote separation. For the 42' swept wing, 
representative of the moderate sweep case, it is seen t h a t  the a i r f o i l  

- section makes a large difference i n  the maximum l i f t  character is t ics .  
The decrease i n  maximum lift resul t ing fram the use of the biconvex 
or  th ln  sections is, likewise, accompanied by extreaiely undesirable 
chengea i n  the longitudinal s t ab i l i t y .  In the higher sweep range 
represented by the 4 8 O  swept wing the e f fec ts  of a i r f o i l  eection 

, a r e  much l e s s  marked, and i n  the extremely high sweep range represented 
by the delta wing it would appear tha t  sharpleadiw-edge a i r f o i l  sectiona 
may have some s l igh t  advantages over the conventional sections although 



it i s  suspected tha t  more favorable r e su l t s  mieht have been obtained 
by the use of a thinner c ~ i ~ v e n t i o m l  section. 

- 
Throughout the investigations sumarized herein,spl i t  f laps O r  

p l s in  f laps  of about 2 C  percent chord have been used with the w i x s  
t o  give an jndex of the lift producirig c a p c i t y  of %he wing with 
t r a i l i x - e d g e  high-lift devices i n  general. 

The r e su l t s  obtained by a p ~ l y i w  semiapnn s p l i t  f laps  t o  the 42' 
and the 48O swept wings with NACA 6lr-aeries airfoil sections a re  shown i n  
f igure 8. WiA& the 4z0 swept wing a l i f t  increment of 0.20 was 
obtained which was about two-thirds of the l i f t  increment due t o  these 
f l a p 6  below the angle fo r  maximum l i f t .  The maximum l i f t  increment 
f o r  the 48O swept wiw was considerably smaller although the increment 
i n  l i f t  below the stal l  wae about the seme a s  f o r  the 42' swept wirrg 
with due c.onsideration taken of the differences i n  sweep of the two wings. 
It would ai3pear f r m  these reeul t s  t ha t  the effectiveness of f laps 
i n  increasing the m;lxhum l i f t  f a l l s  off rapidly as the sweep increases. 
This is i n  accord with the data obtained by McCormack and Stevens i n  
the Amea 40- by 80-foot turne l  (reference 11) .  These r e su l t s  indicate 
tha t  a t  a sweep angle of about 60O f laps w i l l  be ineffective i n  increasing 
tho maxima l i f t  . 

Also,'shown in t h i s  figure a re  key l e t t e r s  designating the longi- 
tudinal s t a b i l i t y  character is t ics  a t  the s t a l l  for each configuration. 
Theee l e t t e r s ,  G f o r  good, M f ~ r  marginal, and P f o r  poor, w i l l  
be used i n  figures 8 t o  11. A curve of pitcnin~-mament coefficient 
against  l i f t  coefficient which has no abrupt slope changes i n  a posi t ive 
direct ion and which e i ther  break3 in  a negative direction or do08 not 
change a t  the e t a l l  is  considered t o  be good. A pitching-moment curve 
which has aharp changes i n  slope i n  an unstable ( ~ o s i t i v a ) .  direct ion 
below .the s t a l l  or which breaks i n  a posit ive direction a t  the stall 
is considered poor. It must be realized, of course, t h a t  the t a i l  
geanetry and location w i l l  a180 af fec t  the s t a b i l i t y  of the f i n a l  
airplane. * All of the wings shown i n  f i ~ u r e  8 had poor longitudinal 
s t a b i l i t y  a t  the stall, a r i s ing  from t i p  s t a U i n ~ f  which caused unstable - 
breaks. 

The biconvex wing re su l t s  a re  s h a m  i n  f igure 9. For the case 
of o0 sweep the increment obtained fram the trailin6;--edge f l ap  is very 
large.  But a s  the sweep i s  increased the l i f t  increment became8 
progressively smaller even though reasonably large increments i n  l i f t  
coefficient a re  produced below the s t a l l .  The failure of the flap8 
t o  ~ i v e  substant ial  increases i n  maxi3nwn l i f t  coefficient i s  a 
consequence of early t i p  stali, and it has becoane -quite evident tha t  i n  
order to produce sat isfactory l l f t  character is t ics  on these wings. i t  . 
w i l l  be necessary t o  provide the  wing t i p  with a leading-edge stall 



control a id  or high-lift device. A n  additional phenmenon shown herein 
is the beneficial  e f fec t  of sweep on the max7Lmm l i f t  coefficient of 
these th in  sections. For the unswegt case the maximum lift coefficient 
of 0.58 measired f o r  the basic wing is below the section value of 
about 0.7 by about the amount that would be calculated from standard 
methods of applyirq section data t o  th red imens iona l  w i n g s .  As.the 
sweep increaseo, however, the maxjmum l i f t  of the wing increases 
and exceeds the section value. This r e su l t  is  associated with a strow 
spanwise f lov  a t  t h e  leading edrje of the wing which enablee the flow 
over the  bubble of separation a t  the leading edge t o  reestabl ish 
i tse3f  a t  11i&er angles of a t tack  than fo r  the twc-dimensional case 
(references 12 and 13). 

The longitudinal s t a b i l i t y  cbaracter is t ics  of the unswept wing and 
of the de l ta  wing a r e  good. For the swept wings the pitching~mament 
curves have a highly u u t a b l e  slope 4s  maximum l i f t  is approached and 
even though the ovei~tual break is  i n  a s table  direction, the character- 
i s t i c s  below the stall a r e  sufficiently undeeirable t o  werrant the poor 
classif icat ion.  

The r e su l t s  obtained with leading-edge hi&-lift devices ins ta l led  
on these four wings a r e  shown i n  f igure 10. Two k i ~ d s  of f l a p  have 
been used - the droop nose and the extended type with a rounded leading 
edge ( f ig .  10). Drooping the nose of the rectangular wing increased 
the  maximum l i f t  coefficient by about 0.30; adding the extended type 
of nose f l a p  gives an addit!.onal increment of almost 0.30 since, i n  
t h i s  case, a rounded leading edge is  provided f o r  the  a i r f o i l  a s  well 
a s  an increase i n  the forward camber. T h e ~ e  improvements a re  additive 
t o  the increments tha t  can be obtained by the  use of trailiag-edge f laps 
aa sham by the  top curve. A similar picture ir.c presented fo r  the 42 
swept wing, and it appears t h a t  once the t i p  s t a l l i n g  is controlled 
by the m e  of the leading-edge device re la t ive ly  large increases i n  
the qxlmum lift can be obtained. The two f l a ~ p e d  arrangements shown 
( f ig .  10) a r e  for partial-span leadine;--edge f laps .  These arrangements 
a r e  shown i n  preference t o  arrangement6 having a greater spanwise 
extent of the leading-edge f laps  because they have favorable .longi- 
tudinal  s t a b i l i t y  character is t ics ,  whereas same others which give 
s l igh t ly  greater-maximum l i f ts  have unfavorable pitching-mament 
characterist,ice. On the 48' swept wing the  leadin&edge droop was a180 
e f fec t ivgbu t  a s  noted i n  figure 9 with the plain trailing%dge f laps  
the greatest  maximum l i f t  coefficient a t ta inable  a t  t h i s  sweep was 
considerably smaller. On the del ta  wing a am11 increment In msxFmum 
l i f t  was obtained by deflecting the small leadirq-edge bt'oop indicated 
and an additional s m a l l  increase i n  maximum lift coefficient was obtained 
by deflecting the  trailing-edge f lap.  The increment i n  lift obtained 
below the stall f o r  t h i s  arrangement may perhaps be useful f o r  maintaining 
a more sat iefactory a t t i t ude  during the landing approach. For the 4 2 O  
and 48' swept wings which had poor longitudinal s t a b i l i t y  a t  the stal l  



f o r  the basic wing deflecting the nose f lap  had a d i s t inc t ly  beneficial  
e f fec t .  This is part icular ly t rue of the 42O swept-wing case i n  which 
the addjtion of the optimum configuration of nose f l ap  provides excellent 
longitudinal characterist.ics, 

The data fram t h i s  figure show tha t  the use of an optimum leading- 
edge high-lift device on any wing having  a t h i n  or sharp leadiag-edge 
a i r f o i l  section w i l l  Improve s ignif icant ly bosh i ts maximum lift - 
c b r a c t e r i s t i c s  and i ts longitudinal s t a b i l i t y  a t  the s t a l l .  

Similar r e su l t s  for the wings of NACA 64-eeries a i r f o i l  sections are 
shown in figure L1. The addition of the nose f l ap  t o  the 4 2 O  swept 
wing increased the mximum lift aoefficient about 0.20 and made the wing 
stable  a t  the s t a l l ,  (see f ig .  11.) ~ h i o  lift increment is  samewhat 
lower than tha t  obtained with the biconvex wing ?rincipally because 
the  maximum lift of the basic wing is  much higher. The addition of 
s p l i t  f laps  e v e  a fur ther  i n c ~ e a s e  i n  CT-x t o  1.58, s t i l l  maintaining 
s tab le  longitudinal character is t ics  a t  the stall. This maxWum lift 

, value was only s l ight ly  higher than the one shown i n  f igure 10 f o r  the 
biconvex wing. 

. - ' The addition of nose and s p l i t  f laps t o  the 4a0 swept w i n e  gave 
snBller increases than fo r  the 420 swept w i n g  a s  was noted e a r l i e r  fo r  
split f laps  and,moreover, the wing s t i l l  remained unstable a t  the e t a l l .  
On the extreme r igh t  i n  f i ~ n o  11 are  shown resu l t s  t ha t  were obtained 
by the use of boundary-layer suction applied a t  the 0.20c, 0.40c, 
and 0 . 7 0 ~  locat ior~s on the 480 swept wing with nose f laps  and with both 
nose and s g l i t  f laps.  The l i f t  increments obtained were re la t ive ly  small 
but the s t a b i l i t y  was greatly improved. The maximum l i f t  coeff ic ient  
of a h o s t  1.25 @otained fowl t h i s  configuration is the highest thus f a r  
~ b t a i n e d  with t h i s  wing plan form. 

This paper has ,  thus far, discuesod only the changes in the 
 xim mum lift prodnced by these hi@-lift  devices. If powor+ff' . 
landings a re  t o  be expected of the airplane or if the thrus t  available 
dur- th+ landing phase is limited, the drag near wxlmm l i f t  Is of 
great importance inasmuch a s  it determineg the ve r t i ca l  speed during 
the landing approach. It h a s  been found tha t  a sinkind speed i n  excess 
of about 25 t o  30 f e e t  per second w i l l  probably lead t o  e r r a t i c  landiwe 

' 

even on the  part of highly sk i l led  p i lo t s  (reference 23).  This f a c t  
seems to.be re la t ive ly  Independent of the forward s2eed a t  which the 
landing i s  made. I n  figure 12 same l i f t -drag  polar curves f o r  various 
configurations of the 420 swept wirq have been shown. Superimposed upon 
theae curves a re  contowe of the forward spead and the ve r t i ca l  speed 
for  a g-x-pff g l i d  a t  a wing l a d i n g  of k0 pounds per k u a r e  foot .  

' 

I n  order t o  show the significance of these forward speed-sinking speed 
charts, a point is inCiicated t h a t  represents the forward speed and 



sinking speed f o r  a reference airplane f o r  which f l i g h t  t e s t  data were 
available (reference 23). This airplane - i s  of the two-erqlne medium- 
bomber clas3 and y-as only landed power off i n  einergency. 

For the most favorable configurations the Unding conditions appear 
t o  be no warse than those f o r  the reference airglane. Certain changes ' 

Pram these conditiono, however, such a s  incrmaing the wing loading, 
increasing the sweep, and increasing the roughnese,rnmake t h i s  picture  
appear l e s s  favorable. The ef fec t  of the high drag due t o  roughness 
on the basic triG, f o r  example, is shown by the dashed curve. Not 
only is  the maxi?num l i f t  decreased but.$he sinking speed i n  the high- 
l i f t  range.18 more than doubled. S p l i t  f laps ,  a s  pcinted out ea r l i e r ,  
give same increase i n  maximum l i f t ,  i~ t h i s  case enough t o  reduce the 
landing speed by 10 miles per hour. This is pa r t i a l ly  of fse t  by an 
increase of about 5 f e e t  per second i n  the sinking speed. Leading- 
edge f l aps  alone on account of t h e i r  high dras a t  the higher l i f t  do 
not appear t o  have any part icular  advantages. The combination of 
leading- and trail ing-edge f laps,  however, is  quite effect ive i n  
decreasing the landing speed povided t h a t  tlm increases i n  the r a t e  of 
descent or a l t e r n a t e b  the amount of power required f o r  landing can 
be tolerated. 

. The corresponding r e su l t s  OOY the biconvbx wing ( f i g .  13) show tha t  
i n  general the higher drag of the biconvex ssctions w i l l  cause t h e i r  
r a t e s  of descent t o  be higher. I n  t h i s  case minor improvements only 
r e s u l t  fram the deflection of s p l i t  f lops alone; whereas d a f l e c t i w  
the nose f laps  greatly decreases the wag with sane increase i n  the 
maxiram l i f t .  Deflecting the trailing-edge f l a p  i n  combination with 
the leading-edge f laps  aUows speeds almost a s  low a s  with conventional 
sections but with sonewhat higher r a t e s  of descent. On account of the 
generally higher ra tes  of descent shown f o r  these sections, power-off 
landings w i l l  be d i s t inc t ly  more hazardoue than f o r  the NACA 64-eeries 
section w i n g  i n  f igure 12. 

The problem of calculating the maximum l i f t  of swept wings, a s  
p6inted out ear l ie r ,  has thus f a r  defied theoyetical e f fo r t s ,  It is 
possible, however, t o  correlate  some of the data tha t  have been obtained 
on swept wings t o  get a guide i n  estimating the maximum l i f t .  I n  
figure 14 experimental values of mxbum l i f t  divided by the  maximum 
l i f t  of the wing rotated Sack €0 zero sweep have been plotted against  
sweep angle A .  A plot  of cos2fi i s  a l so  shown f o r  comparison. The 
data of McCormack and Stevens from the Ameo 40- by i)&-f oot tunnol and 
of Anderson f r ~ m  some t e s t a  in  +,he old Langley variable density tunnel 
  reference^ 11 and 24) i n  which the sweep of the ~ i n d  was varied 
systematically were yarticularly useful i n  f ormlng t h i s  cqlrve . Experi- 
mental values of 

Chx 
f o r  the 00 oweep conclitions of the  42O swept 



wing tested i n  the Lnngley l+foot pressure tunnel and of the 48' swept 
wing tested i n  the Langley full-scale tunnel were not ava ihb le ,  and 
hence were calculated bj- the method of S ive l l s  and Neely (reference 6 )  
which has been shown t o  give excellent agreement for  unflapped msvept 
w i n g s .  The correlation curve show a yradual decrease in maxim1un 
l i f t  t ha t  is onJy about one-half t ha t  indicated by the siinple c o s ? ~  
approximati~n. 

I n  conch~sion the r e su l t s  of the investigations of m x i m  lift 
character is t ics  discussed herein can. be summarized a s  follows : 

Maxlmm l i f t  coefficients- of the order of 1.3 t o  1.6, dependiw 
upori the angle of sweep,have been obtained with t b . b e s t  combinatione 
of s p l i t  f laps  and leading--edge devices investigated. The importance 
of the a i r f o i l  section has been shown t o  decrease a s  the sweep 
increases and as  the thickness of the a i r f o i l  decreases, the character- 
i s t i c s  of a l l  sections tending t o  approach the ~ W ~ z c t e r i a t i c s  of f l a t  
p la tes  a t  high sweeps and low-aspect ra t ios .  The drag is shown t o  
be of p e s t  l.mportance i n  determining the povelr-off r a t e  of descent 
or a l ternately the amount ~f pwer  required d ~ r i x  thd landing. 
Leading-edee high-lift devices of the ty-pes investigaa.ted a re  extremely 
effect ive in reducing t he  drag and improving the s-kbi l i ty  i n  the high- 
lift range for  wing6 having biconvex o r  othar th in  a i r f o i l  eections and 
would thus be desirable f o r  winfis' having these sections. . 
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. , By ? T o m  F. 

Langley MemorTaJ. Aeronautical Laboratory 

For some years the NACA has Lad in operation a continuous 
' 

research program on air inlets. 1.e most recent developments and 
applicationo of the noso irlet work w i l l  be preae~ted in this paper. 
First, hovever, some of the past work w i l l  be briefly reviewed 
because of its importance as backgro~md. 

'The.basis of much of the high-critical speed inlet work 
originated with the developnent of NACA cowl "C" and nose "B" . , 
-(reference'e 1 and 2). Tbeae b o  inlets wore derived on a basis 
similar to that for optinnun crj tical speed airfoils: namely, a 
flat pressure distribution with no pressure peako. It was found 
tihat although these two inlets were of greatly different proportions 
and critical speeds, the basic ordinates were essentially identical. 
The ordinates were consequently applied to a large family of nose 
inlets which were tested at mdium and high speeds to determine the 
effects of proport ? ons . Die results were published (reference 3 ) 
in the f o m  of design selection charte, a eimylified version of 
which is shown in figure 1. 

- - 

The selection procedure is s h m  by the mows; starting at' 
the bottbm with the deeired value of flow coefficient and 
.proceeding vertically to the volue of critjcal Mach number de~ired, 
the d/D or entrance dismetsr ratio is obtained, Continuing to 
the top of the chart, the x/D or length ratio js obtained. 
Application of the l-series ordinates to those proportions yields 
a nose inlet of the required characteristics. w l e  selections m e  
shown for three values of critical Mach number and show th&t the 
higher critfctil Mach numbers involve cowlings of greater len@h. 

These NACA l-8eries charts axe directly applicable to the 
design of open-nose inlets and were used in the design of the 

' ederna3 lines of the D-558 afrplane fnetal3,ation. Il?e chaslte are - 

also applicable to the design of rotating cowlings, such ao the 
M C A  "El' cowling (reference 4). 

. . 3 t a  _ . '. - ., 

In addition, the applicability to the design of a protmtding 
Axselage scoo~, has been demonstrated and reported in an WCA paper 
(reference 5). Recent tests of NACA 1.-series cowlings with 
protnrding propeJ.l,er spinners (reforonce 6) have corroborated an 
analysis included in reference 3 by showlrq that the effects of 
spinners of reasonable size are mall and predictable, and that 
cowlings for propeller-driven airplanes can be dasimed frm 
WCA l-series data. / 



The spinner shape has been found to have imortant effect8 upon 
the flow into a cowzing (reference 6). It is uwielly desirable to 
adnit air at a low value of inlet velocity ratio, since external 
campression is accomplished at an efficiency of one-hundred percent, 
while internal cqress?on is accoqlished at a somewhat lower value. 
A t  values of inlet velocity less than tmity, an adverse pressure 
gradient exists into which the spinner boundary layer must advance. 
This presetwe gmdient, coupled with the pressure ff.eld of the 
spinner, mey 5e mYicienf 33 se~arate the flow at a relatively high 
value of irilet velocity ratio, thus making it Impossible to obtain 
etable inlet flow with 1.m losses at low.values of inlet-velocity 
ratio. Pressure distributions meaoured wtth~ut prgpeUer on two 
ahapes of 8pinqers ahead of a 1-series cowling operating at a medium 
value of inlet-velocity ratio are shown in figure 2. The curved 
spinner - a s  designed using the l-seriss inlet profile and is 
approximately elllpticd in sectton. me conlcal spinner 13 a 
straight-aided cone phead of the inlet. m e  npinner with the c W e d  
aurface evinces a hi&er peak pressure and a coneequentljr greater 
adverse pressure gadient ahead of the inlet than does the conical 
spinner. 

The effect of this pdient on spinner boudaqV~ leyer 13 shown 
in the right hdf of figure 2. As the inlet velocity ratio is 
decrease&, irn abrupt increase in boundary lwer thickness, indicating 
separation,'occurs for both spinner shapes. The inlet velocity 
ratios for separation are of the order of 0.53 for the curved spinner 
and approximately 0.12 lower, or 0.41, for the ccnical. It is 
believed that the pe-ssible value of inlet-velocity ratio can be 
s t i i l ~ ~ F  lowere5 by modifying this conical spinner. If the 
cone angle is increased, for example, the pressure gradient cen be 
expected to fiwther diminish, thus permitting a lower value of 
inlet-velocity ratio to be obtained before separation occurs. 

With regmi to the general effect of spinners on the critical 
speed of cowlings, an extension of work by Rudan and Kucheman in 
G e m  baa provided an interesting analysis. The thoory considers 
the average forcea (obtained by integration of surface p:.essures ) 
on the.cowlirq and spinner and states that the avemge force on the 
cowling plue the average force on the spinner, if present, is equal 
to the change of momentum of the air antering the cowling. 
Simultaneous solution of'.equatione for the conditions with and 
without a spinner gives the spinner fo~ce required for zero effect 
u~on.the critical. Mach number of the cowling. A plot of this 
spinner force or pressure against inlet-velocity ratio is shown in 
figure 3. Values a5ove this line indicate a decreased critical Mach I .  

number due to the winner. Variatione of avorage spinner pressure 
with inlet-velocity ratio obtained by integrating measured pressure 



distr ibut ions a re  shown f o r  the conical and c u r v d  spinners of 
reference 6.  he intersection of the curTes shcvs the velues of 
inlet-velcci ty  rat:o b k l m  which the p a s t i c u l u  spinner can be 
used without affect ing the cowl!ng c r i t i c a l  Mach nuxnber. This 
figure s h m  t ha t  the  plain conical ~ i m e r  can be uoed i n  the . 
low Inlet-velocity r a t i o  range -~L;sre i ts  use is  desirable from the 
standpoint of bounclaq-layer eeparation. The curved spinner: 
should be used f o r  m d i m  vsluos of inlet-velocity r a t io ,  but i ts 
use, at l e a s t  i n  the "short" condition, ap?ears t o  be l imited t o  
values of the order of 0.6. 

The e f i ec t  of using a conical spinner a t  too high a value of 
inlet-velocity r a t i o  i s  shmm In  the prossure d is t r ibut ion  on the 
r ight  of figure' 3. A peak i a  produced a t  the l i p  by t h e  conical 
epinner, whereas the curved spinnor has v i r t u a l l j  no effect upon 
t h e  f l a t  cowling p e s s u r e  dis t r ibut ion a t  t h i s  ~ a u e  of v1/Y0. 

?he conical spinner shcwbln figures 2 and 3 renains conical t o  
the i n l e t ,  making the t rans i t ion  t o  axiel a f t  of the i n l e t ,  It has 
been found from experimental data,that the principal influence of 
the i n l a t  exten6s t o  a 'dis tance Ir t o  2 times the i n l e t  hsi$ht 
ahead of the i n l e t  fo r  spinners o$ roaso~ab le  s ize.  It theyefore 
appews ?robable tha t  a curved ~ u r f a c e  m i & t  be uced i n  t h i s  ' 
region t o  bring the spinner surface ax ia l  a t  the entrance with 
l i t t l e  o r  no a d ~ ~ o e  ef fec t  upon the prossure gradient. ' The 
advantage of t h i s  i s  that a spinner of smaller mximm-dlameter 
is obtained fo r  given propeller hub clearances. Aloo, the  more . 
axial. flow a t  the entrance may have l e s s  tendency t o  produce 
pressure peaka a t  the cowling l i p .  

- 

The problem of designing a i r  inlets f o r  transonic mil i tary 
airplanes is  complicated by s:mple m i l i t s r ; r  requirenente much as 
good v i s i b i l i t y  downward and space i n  the  noso of the airplane 
f o r  asmament. These two requ-'_rements i n  some cases tend- t o  r u l e  
out the nose lnlet,which usually represents the optimm from the  
standpo!.zt of pr*sseure recovery a t  the irilet , and mke  necessary 
som sor t  3I" fuselage side in l e t ,  with s u f f i c i e ~ t  fuselage volume 
ahead of the iii;st t o  house the p i lo t  and armament. TJe problem 
which exiaJ,6 i n  the design of any such configuration 1's t ha t  the  
fuselage ~ ! e a d  of tho i n l e t  mist be shock-free i n  ord3r t o  avoid 
ahcck-separated flow into tke a i r  intake. This means tha t ,  f o r  a 
traneonic airplane, the flow veloci t ies  on the  f i se lege  ahead of 
the i n l e t  must be substream. A theoret ical  analysis showed tha t  i n  
order t o  obtain the required eubstream veloci t ies ,  the fuselage 
forward of the i n l e t  must be very nearly c o n i c 4  i n  shape. In 
f i m e  4 i s  shown such a configuration which has been tested a t  
low speeds (reference 7).  It consists of an NACA 1-series cowling, 



an approximately conical nose, and two canopies whose sections a re  
approxhataly wedge-eha~ed forward of the  in l e t .  The low-speed 
t e s t s  shewed tha t  subst~eam veloc i t i ss  a r e  obtained ahead of the 
i n l e t  on aU surfaces, thus indicating t h s t  shoclc-free flow can be 
obtained up t o  a Mach number of 1.0. Above a Path number cf 1.0, a 
small shock, first unattached then conical, can be ex2ected t o  
compress the f l o w  on the cone to subsonfc up t o  f l i g h t  Mach numbere 
of the order of 1.2. This configuration therefore appears t o  have 
characteristics which mrit consideration f o r  transonic mil i tary 
a i r c r a f t .  

I n  all of the PozqpTng material, the c r i t i c a l  Mach number is 
defined i n  the usual fa&iw: the  Mach number at which 8onic 
velocity i a  f i r s t  a t ta ined at  some point on the  surface of the  
body. Waerous tests of a i r f o i l s  have indicated this c r i t e r ion  t o  
be conservative bg showing tkt cleasmce ex i s t s  between c r i t i c a l  
Mach number and the  Ikch number a t  which s ignif icant  changes cccur 
i n  the aerodynamic forces. A similar clearance might reasonably 
be expected i n  the case of three-dimensional bodfes. The anount of 
clearance available and the  nature of the  suljercrit ical  drag r i s e  
a re  ~f considera701e in t e res t  with regard t o  transonic a i r c ra f t .  

A preliminery inve8tigation now underray a t  the 
Langley &foot h+.&-+yead tunnel has prov:ded e m  information on 
t h i s  subject. The r e sh l t s  of the t e s t s  of one f7xsel.sge shape a re  
shown i n  f igure 5. Tna body consists of an NEICA 1-5b100 noae 
i n l e t  one diarmter i n  len&h,a cyl indrical  center seccion four 
diametars i n  length, and a ta51 section three diamaters i n  lexqbh, 
making en overall  ftnoness r a t i o  of eight, The model was supported 
by a s t ing  a t  the tail ,  with provisions f o r  ducting the  internal  
flow thrz~u* the s t a g .  The drag of the model was ~coaaured by a 
wake survey rake located on the s t ing  as shown i n  the  figure.  

The drag curve f o r  the body a t  a = 0' is  shown i n  the lower 
l e f t  portion of f igure 5. The measp-& c r i t i c a l  Mach number is 
about 0.8, very clooe t o  t h a t  predicted by low speed data  and from 
the design chart shown previously, A t  a BIach number 0.05 t o  0.07 

% - above the c r i t i c a l  a sli&t drag r i s e  appears, which continues t o  
increase 7er7 slawly uy t o  the highest t e s t  Mach number, 0.93 

# 

where the drag coefficient reaches a value 21 percent above the 
lcwest value obtained. 

Some explanation of the cause of t h i s  drag r i se  and the reason 
f o r  i t 8  smaU magnitude is  Pound by examinat i~n of the p r e s m e  
dis t r ibut ions &.mi the  wake profi les .  

n . , 



Preesure distributione are shown f o r  three Mach numbers: 
0.6, 0.8 (agproximntely the c r i t i c a l  Mach number), and 0.93, the 
highest Mach number obtained. For the l a s t  case, a large area of 
supersonic veloci t ies  i s  &own t o  exist ,  followed by a shock of 
considerable pressure r i s e .  The pressure recovery at each Mach 
number is, however, essent ial ly  ident ical  over the cyl indrical  
section anil.at the t a i l  of the body, indicating that no signif icant  
separation has occurred. 

The wake prof i le  (right half of f i g .  5) ,  plotted as point drag 
coefficient against distance from the surface of the  body, a lso  

',shova no significant separation. Instegd a moderate thickening of 
the boundary layer is  shown t o  occur. A di rec t  shock loss i e  a l so  
measured just  outs2de the boundary layer  but is  too d l  t o  be 
seen on the plot shown.. The contribution of t h i s  area t o  the t o t a l  
drag i s  therefore negligible, 

In conclnsion:: Data a re  avai1abI.e f o r  the design of various 
ty"e8 of nose in le t s ,  including cowlings with p r o p e l ~ e r  spinners. 
Also, a type of fuselage s ide  in le t  which appears useful through 
tQe transonic range has been developed. Testa of a nose i n l e t  a t  
m$ercr i t ical  speeds have shown that ,  as i n  the case of a i r fo i l s ,  
significant clearance exiata between the c r i t i c a l  Mach number and 
the  Mach number a t  which a drag r i s e  occurs. The moderate drag 
r i s e  which occurs up t o  a Mach number of 0.93 i s  due t o  thickening 
of the boundary layer by the increased adverse pressure graaient 
ra ther  then t o  d i rec t  shock losees and shock-induced separation. 
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SIJMWRY OF NACA S U l 3 M E Z G ~ - ~  INVESTIGATIONS 

Ames Aeronautical Laboratory 

On msny existing snd proposed airplanes the fuselage shape i s  
aeeuming a g e s t s r  i-qcYrLmce A domj~ailt factor  de teml in ix  the 
shape of the fu~wlage fo-r a y u ~ ~ l i i t - t y p e  turbojet  ail-plm-e ?my be 
the duc t b g  375 ten. gsnn,ral f ~ i x d m m t a l  ~ ~ o q u i r e ~ ~ e n t s  t o  be 
s a t i s f i e 3  3y j e t  airpbmo d~:?Eing ayatem are hi* efiicioncy of the 
impact oii ram preasuro conversion and smell external drag coefficient.  
The impo~tzace of ram recovery can be visualized by c o n s i d e r i ~  i ts 
e f fec t  on a typlcal  9urauit-type airpl.a?e, powered by a jot  engine and . ' 

traveling 6~ miles p3r how a t  aea level .  Analysis shows tha t  f o r  
every 10 percent; decrease i n  ram recovery a t  t h i s  speed the not thrus t  
decreases 7 percent and the specif ic  f u e l  cons tq t ion  increases about 
5 percent. The resul tant  adverse effects on rawe,  climb, and rnaxim~un 
speed are  quite large.  

Recognizing the need for a new type i n l e t  ~ d ~ i c h  would combine the 
good qual i t ies  of the nose i n l e t  w i t h  the short  internal  ducting of 
the external scoop, We National flpviaory C d t t e e  fy Aeronautics 
has developed what is known m a submerged aiy ' in le t  . This intake 
i s  shown in  f i g r e  1 and t h o  component part8 are noted in  t h i s  f igure.  
The entrance i s  ccanpletely sv-Merged below the contovr of the f u s e l a ~ e  
o r  w a l l  in to  which it is  placed. The air t ravels  d-o~rn an inclined 
surface, which Tie have termed the ramp. Roml, a n s o  i a  the angle of 
the interoec tirm of the ram3 f l o o r  w i t h  the fuselage skin, ramp wall 
divergencs is Ene divergence af the ramp side wall from the para l le l ,  
and width-tc-deptii r e t i o  is filmply the r a t i o  of the corresponQing 
dimension..; oF '&e i n i f - t .  This paper sunnnarizes the r e su l t s  of research 
on NACA av%~lerf.;ed inl.zts the 7- by 10-foot, the 40- by 80-foot, and 
the 16-fo(;-t; i r ~ ~ : - ~ ; e s u  tmel  sections a t  t h o  h e s  Aeronautical 
Lab or  a t  o;;r . 

A n  entry with para l le l  ramp walls was the f i r s t  t o  be investigated, 
these t e s t s  having been conducted in a m a l l  wlnd channel. A s  expected, 
the pressure recovery with t h i s  parallel-walled entry vas not very ~ o o d ,  
especially a t  the low maas +flow'ratios. It was then reasoned tha t  
ahaping the wall@ to  conform t o  the streamlines a t  some dosired'mass 
flow r a t i o  might r e su l t  i n  be t t e r  duct chmacter i s t ics .  Such on entry 
w i t h  divergent ramp walls was designed and testeb. 

A comparison of the pressure recovery f o r  t h i s  i n l e t  w i t h  tha t  
f o r  a parallel-tralled intake is  shorn i n  f i w e  2. Thsee data were 
obtained from a fu l l - sca le  duct ins ta l la t ion  i n  the, Ames 40- by 
80-foot tunnel; The ordinate f o r  these curves is  ram-recovery r a t io ,  
which is  the r a t i o  of the ram pressure recovered t o  the ram pxeesure 



available. This r a t i o  was selected because it is re la t ive ly  constant 
for subsonic Mach numbers and 13 readily measurable. The abscissa 
i s  mass flow ra t io ,  which i n  the i n c q r e s s i b l e  case is equivalent to  
i n l e t  velocity ratio.- Conparism of the ram recoveries f o r  the para l le l -  
and divergent-walled Intalses indicates the t  a considerable increase 
r e s u l t s  from the use of divergent w a l l s  a t  the low W S B  flow r a t i o s  
both a t  the entrance.and a t  the compressor. 

. - 
The principal cause of the lower ram recovexy f o r  ea i n l e t  with 

p a r a l l e l  walls, especially in the nass flow range l e s s  than 1.0, is  
the rapid growth of the boundary layer due t o  the adverse pr, a s swe  
gradient along the ramp. Such is not the case f o r  ttze i n l e t  with 
divergent walls. Even though the pressure p a d i e n t  is no l e s s  adverse, 
surveys a t  the entrance sho~i that the boundary layer  on the f loor  of 
the divergentvwalled *let  starts anew and remains re la t ive ly  thin, 
despite the adverse gradient. This probably accounts f o r  the difference 
i n  ram recovery a t  the low mass flow ra t ios  bet~reen divergent and 
parallel-walled submerced i n l e t s ,  The pressure losses wlth divergence 
have a d i f fe rent  origin.  The boundary layer on the f u s e l q e  skin, 
outside the ramp, is  pa r t i a l ly  kept from flo- over the divergent 
ramp edges by two factoro. The f i rs t  of these is the pressure gradient 
over the rear  40 percent of tho remp, the preesures i n  t h i s  region 
being greater than those of the surface in to  which the i n l e t  is placed. 
The second factor is  . that  the ou.tside boundmj layer  does not flow 
over the aharp edge of the ramp wall as  easi ly  as it does with the 
edge rounded. T h e  cause f o r  t h i s  is  not ful1.y understood. 

The pressure losses a t  the entrance f o r  an NACA submerged i n l e t  
a re  concentrated i n  two symmetrical regions, as sho~..m i n  f igure 3 .  
A major p a r t  of these pressure losses agsears t o  oriainnte From a 
turbulent mixlng process s e t  up by a change i n  the flow direction a s  
indicated i n  this same figure. It is probable Chat some of the outside 
boundary layer  is enmeshed and becomes o par t  of mis disturbance. 

An extensive investigation has been made t o  determine the e f fec t  
of modifications on submerged in l e t s .  Varidtions i n  ramp angle, ramp- 
w a l l  divergence, width-to-depth r a t io ,  r q - f X a o r  shape,and boundary- 
layer  thiolrnese have been tested. Results a m  ~ i v e n  in reference 1. 
An evaluation of these data indicates t h a t  sat isfactory duct character- 
i s t i c s  may be obtained f o r  a range of the t e s t  variables. It appears 
t h a t  an optimum design of these i n l e t s  should employ curved diverglrq 
ramp walls, a ramp angle between 5' and 7O, and a width-to-depth r a t i o  
of from 3 t o  5 .  From measured l i p  and ramp pressures, high c r i t i c a l  
speeds were estimated. 

The drag at t r ibutable  t o  t h i e  type of i n l e t  i s  shown In f igure 4 
1 as a functicm of mass flow ra t io .  These data were obtained on .a.;-scale 
J 

typ ica l  duct ins ta l la t ion  on a f igh te r  airpSane. The drag coeff ic ients  



are baeed on wing area. For &n airplane using a 24c j e t  engine and . 
operating a t  a high-speed design mass flow r a t i o  of 0.60, there is  
no incremental change i n  airplane Cd, due t o  t h e  duct instS\llation. ' 

b order t o  check the val idi ty  of the small scalo moasurements, 
models ident ical  except f o r  scale were desi,gied and tosted in both . . 
the Ames 7- by 10-foot and. the Amee 40- by 80-foot t~m~ls .  The 

1 ageement between We =.scale and fu l l - sca le  t e s t s  is shown i n  f igure 5. 
2 

The duct location used i n  t h i s  investigation is  noted. i n  the f i g w e  
These data show excellent agreement between-the two t e s t s  and indicate 
t h a t  with proper design hi& ram recoveries a re  at ta inable  on full- 
scale installations'.  (~eynolds number baaed on duct depth .) It might 
be added fur ther  tha t  the variation of ram recovery r a t i o  with angle 
of attack was slidit f o r  these and other ins ta l la t ions  . 

One especially impor ta t  aspect of t h i s  study concerned the 
e f fec ts  of high-speed f l i g h t  on the operation of this type duct. Tests 

of a duct i n ~ t a l l s t i o n  q a &acale model of a f i @ t e r  airplane have 

been made in the h e s  16-foot high-speed tunnel. The r e s h t s  of these 
t e s t e  i l l u s t r a t e  the effect  of Mach number and of the location of the 
i n l e t  on the fuselage. The e f fec t  of Mach number is shown h f igure 6, 
f o r  constant mass flow ra t ios .  The recovery remains essent ial ly  the 
same f o r  the ent i re  Mach. nmber range of the t e s t e  (from 0.3 to  a 
maximum of 0.875). It has not yet  been determine& how high a Mach 
number can be at ta ined while still  maintainirq the high preseure recoverge 
In f igure 7 it mag be seen tha t  a t  a Mach number of 0.875 the c r i t i c a l  
pressure coefficient was juet reached slow the f ron t  of the ramp f loor .  
A shock disturbance would probably f i r a t  occur in t h i s  high velocity 
region when the free-stream Mach number becam somGhat greater 
than 0.875. ~t may be seen that th ia  region extends only over a amall 
portion of the duct width, the flow outside of the ramp on the fuselage 
skin being s t i l l  subsonic. Because the distvrbance takes place over 
a amsuer duct wldth, it mi&t then be indicated tha t  the pressure 
recovery would decrease l e s s  severly f o r  a divergent-walled entry than 
for a parallel-walled one, once the airplane q e e d  wes increased 
enough so tha t  a shock wave f orzaed alcmg tho ranp. 

Given in f igure 8 are  the four i n l e t  locations on the fuselage 

b 
1 of the --scale model, i n  percent of the root  chord forward or  rearward 
4 

of the w i n g  l e a d i w  e d ~ e .  It may be seen tha t  the recovery decreases 
s l ight ly  ae the i n l e t  is mved rearward. This was expected since the 
boundary-layer thicknese Xncreaaes i n  t h i s  direction. men  though the 
decrease in ram recovery r a t i o  may not be considered prohibitive, caution 



should be exercised In m o r l q  the i n l e t  reamma.  Primary conaideration 
should be given the flow f i e l d  in to  which the M e t  is  placed. A t  the 
f a r t h e s t  rear position (58.4 percent root chord) the flow a l o w  the 
basic fuselage 'became sonic a t  about the same time as the flow on the 
wing. When We duct was located a t  t h i s  position, the presswe recovery 
began t o  decrease when the Mach number exceeded. ,0.80. This drop becsme 
much more marked a t  moderate angles of attack, We f1.w on the aide 
of the fuselage a b n ~ p t l y  e e p a r a t i x  due apparently t o  the p o s i t i m  and 
intensi ty  of the shock wave on the xing. 

\ 

In conclusion, NACA subnerged i n l e t s  may be designed t o  obtain 
high ram recovery a t  a low resul tan t  drag. Hi@-speed tests on a 
1 6 - ~ ~ a l e  model showed tha t  f o r  t h i s  in s t a l l a t ion  the ram recovery 

remained essent ial ly  constant up to  a Mach number of 0.875. 

I . Moasman, Ermnet A ., and Randall, Lauros M a  : An E~perimental 
Inves t iga t ion  on the Design Variables far NACA Submerged Ehtrancee. 
NACA RM NO . An30, 1947. 
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Figure i.- Schematic view of an NACA submerged inlet installation.

1.00

.90

Hi -PO
HO-PO

(ENTRANCE).80

.70

0

1.00

.90
H2- Po

Ho-po
(COMPRESSOR)

,80

I
/-i- DIVERGENT WA .L

I / I/---PARALLEL WILLS

J

///

/
/

•2 .4 .6

,2

.e ,.o ,.2 ,.4-

- I t

__ !,VERGELT WALL -

.. __ PARALLEL wALSu

/
/I
•4 .6 .8 1.0 1.2 1.4

mJm 0

(3_ m -2 •

w/d'4
RAMP ANGLE • 7"
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Figure 3 . -  Ram-recovery-ratio contours at the entrance of an NACA 
submerged duct installation. 
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INVESTIGATION OF SIDE lXLETS AT SUEEBONIC SPEEDS 

By Wallece 'E, Davio - 

Fsres Aeronautical Laboratorg 

Although a very high diff'usion effic2ency can be at ta ined a t  
supersonic speeds by nose i n l e t s  snch as those discvssed 3n reference 1, 
prac t ica l  design considerations oft,en malce 3ide i n l e t s  more Cesirable. 
For t h i s  reason, t e ~ t s  arc bein3 perfolmed a t  supersonic speeds upon 
i n l e t s  tha t  a re  ~ i t u a t e d  i n  a region of appreciable boundary layer. 
PreUmlnary t e s t s  have shown t h a t  the precence of the bovndary l w e r  
can oatme a relat ively goor reoovery of t o t a l  pi-ssure because the 
severe adverae preSSUre gradient produced by a rapid deceleration of 

. the flow at high speeds oauses the bamdzry l q e r  t o  thicken and 
separate. The resu l t s  of the separation *are a f luctuat ing flow 
through the intake and a xnaximm total-pressme r a t i o  a f t e r  diff'usion 
t h a t  is  limited t o  about two-thirda of tha t  occuzdrg across a normal 
shook wave a t  the sama Mach number, (See refereme 2, ) 

To improve the pressure recovery at ta inable  through a side in l e t ,  
the severity of the compression i m i d e  the duc: must be reduced., the 
amount of low-energp a i r  of the boundaiy l a - ~ e r  tha t  enters the i n l e t  
must be diminished, o r  both factora must be reduced simultar.eous~. 
These considerations have been used i n  the d e s i w  of s ide i n l e t s  f o r  
tests i n  the Ames & by %inch superso;nia Wrmol. Both annular 
and twi~+ecoop i n l e t s  are being investigated because applications 
f o r  the.  two types may be found i n  the design of h9@-speed a i r c ra f t .  

The t e s t s  a re  belng pe%f'ormed a t  Mach numbers beC~een 1.36 and 2.01 
and at  Reynolds numbers, based upon t h e  len&n of the body ahead of 
the intake, of between 2.23 and 3.09 million. Only measurements of 
the pressure recovery at ta inable  a f t e r  diff'usion with the variouo 
i n l e t  desigm at an angle of attack of o0 have been made a t  the present 
time. ~n@e'-of-attack and camprative-drag studies together with t e s t s  
a t  subsonic speeds a re  t o  be performed i n  tho future. 

- 

AN!?mm 1- 
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Three methods f o r  improving the total-ip~essure recove'ry s t ta inable  

a f t e r  diffusion through an annular i n l e t  are  beinc investigated. The 
f i r s t  method is t o  reduce the i n l e t  Mach number and thus the adverse 
pressure gradient tha t  is  imposed upon the b ~ ~ u ~ d a q y  layer  jneide the 
cfuct by d e f l e c t i n ~  the stream ahead of the inlet t o  create an oblique 
shock wave, A photograph of a model is  shown i n  E i ~ u r e  A, The 
outside diarueter of the i n l e t  ts about one inch, and the i n l e t  area 



+-. 

is  about one-third of the f ronta l  area a t  the s t a t ion  of the duct 
entrance. The length of the forebody 13 f ive times the diameter of 
the cylindirlcal aec tion ahead of tho ramp. The ramp angle tha t  
def lects  the flow i s  increased t o  increase the intensi ty  of the 
oblique shock wave by reducing tlie length of the raq while the height 

\ 
remaims the same. 

Tho a e c ~ n d  and th i rd  methods :or Improving the recoveq both 

. reduce the amount of low-enera a i r  t ha t  florrs throual the in l e t .  
Drawin~s 01' the models tha t  have been tes ted  are shown i n  figure 2; 
these models a re  of the same geneml s i ze  and sllape as  the ramp 
model, With the model of fi@m 2(a), tho  bsWldprg layer  is  drawn 
Prom the surfece of the forebody tlwough an auxiliary sdoop a t  the 
s t a t ion  of the duct entrauloe by vacuum pmps located outside the %.rind 
tunnel. With the model of fif3ure 2{b), energy ia added to ampensate 
f o r  the e n e r a  decrement i n  the boundary layer  by e j e c t i ~ q  high- 
velocity a i r  along tho surface of the forebody upstream of the duct 
entrance, This j e t  is supplied by an a i r  bo t t l e  rrcm outside the 
wind tunnel, and tho a i r  is expel led, throu@~ an annufar nozzle tha t  
i s  d e s i ~ e d  t o  e j ec t  the a i r  at  a Mach number of 2.2. The width of 
the nozzle throat  is 0,0045 inch and t ha t  of the cr~~tlet i s  - 

0.009 inch* 

The resu l t s  of tes t8  upon these three models are shown i n  figure 3, 
i n  which the maximum total--pressure recoveiy a f t e r  diff'union through 
the annular in le to  is  plotted against the Mach numbex- of the f ree  
stream, The resu l t s  are  cmpaied with the total--pressure r a t i o  of a 
normal shcck wa-re, with tha t  of a model having no ramp or  boundary- 
layer  con%rol, and a lso  with tha t  a t ta inable  with the nose inleto 
described i n  r e feznce  I. 

The model tha t  u t i l i z e s  an oblique shock wave t o  reduce the 
. i n l e t  Mach nmber was tented with ramp angles of 5') lo0, 15O, 
and 17.5O. Throughout the Mach number r&n6e of the tes t s ,  the 
recovely of t o t a l  pressure increases with ramp ancle up t o  an angle 
of 1 5 O ,  a t  whicb value the maximwn total-pressure r a t i o  is s t i l l  
re la t ive ly  low, about three-quartero of the recovery through a normal 
shock wave. 

With a suction s l o t  thi-OII@ vhioh 12 percent of the m,ss of a i r  
flowiw through the i n l e t  is  drawn, the maximum total-presouro r a t i o  
at ta ined a t  a Mach number of 1.36 i s  81 percent and a t  a Mach number 
of' 2.01, the recovelcy i s  44 percent. Calculations Saaed upon the 
available theory indicate t h a t  tho amount of air  i n  the boundary 
layer  should be no molle than 4 percent of tha t  flowlng through th; 
i n l e t ,  The reason tha t  tho preeeure recovery i s  not @eater i f  more 
than t h i s . q s s  of a i r  is removed is not understood and is.being 
inveetigated at the present tlme. 



. . . ' When h ighp~esoure  a i r  i s  eJeoted a t  a Mach number of 2.2 t o  
compensate foi* the ene1-m decrement i n  the 'doun(tai7 loyer, the 
apparent recovery i s  re lat ively high a t  the !.ow su7e~sonlc Nacb 
numbers; but, as the lhch nm3er of the  f ree s t y e m  approaches tha t  
of the ejected a l r ,  the improvement i n  the total-~i-esuum r a t i o  
decreases. The "apparent" recoveq indicate8 the t o t a l  pressure 
that would e x i s t  a t  the face of the conpressor of a turbo-jet engine. 
However, since the engine would have t o  supply the hi&-prezsure a i r  
t o  the nozzle, the effective recoveiy, as faz as the overal l  pr+ 
pulsive sj.stem is  concerned, 5s considerably less .  I2 the total-  
presstu*e and mass-21.0~ rat ioa at ta ined d ~ ~ r i n ; :  the t e s t s  are  assumed t o  
occur i n  a hypothetioal  engine opemting i n  the isothermal atmosphere, 
tlie greatest  effective pressure' recovely occura when 14 percent of the  
a i r  flowing through the i n l o t  is  r e c i x u l ~ , t e d ,  The' effect ive racoverg 
would then be 74 percont at a.Mach number of 1.36 a.nd 44 percent at  
2.01; i n  other words, it Ss about 15 percent l e s s  than the apparent 
recovery. It i e  t o  be expected tha t  scale has an appreciable e f fec t  
upon theoe resu l t s  because the process i s  l a r ~ e l y  dependent upon 
viscous forces. Tests at  a larger  scale w i l l  pro'oably s h ~ w  greater  
effective total--pressmia rat ios .  

An entry, such as a twin-scoop' i n l e t ,  that does not completely 
encircle the f 'u~elage does not recieve a l l  of the bomdaiy layer 
~ ' e s u l t i x  f rom the flow ovey the forebow and, therefore, has an 
i n i t i a l  advantaritage over an annular entrance, Ii; 13 t o  be expected 
tha t  greater effect ive total-pressure r a t io s  can be a t ta ined  than 
w i t h  an annul-ar i n l e t  and that, for the erne errtrance area, the 
greatest  pressure recovery will be attained by the i n l e t  t f ~ t  encloses 
the smallest portion of the ~ i~curnference  of the f o r e t o e .  

Photographs of the two WIE-scoop models tha t  have been tested 
are  shown i n  figure 4. The shape of the f o i ~ b o Q ,  the entrance area, 
and the expansion r a t i o  of the subsonic diPi"usor a re  the same a6 those 
of the models having ann~~lar entrances, The scoop8 of the model 

i . . .  , ,, . e h o ~  if! figure 4(a) e y l ~ a o  37.2 pement af the y imum cii-oumforence 
of tlie fordbody,'.and the heist df one~scoop i s  75 percent of the 
width. The i n l e t  of figure k(b)  encloses 61.3 percent of the c i r c m  
feliential  length, and the height i s  26 percent of the width. I n  
order t o  redvce the i n l e t  Mach number, ramps were t es ted  as with the 
models having annular entrances. A ramp may have an additional 
advantageous ef fec t  with a twln-ecoop model because of the three- 
dinensioxml nature of the flow about the scoops. A cmpreosion over 
the surface of the munp  ma^ cause a C ~ ~ B B - ~ ~ O W  that w i l l  tend t o  make 
the boundary layer flow mound the i n l e t ,  



The only method f o r  controll ing the bolu~dary layer  flowing in to  
the  scoop^ that has a9 yet  been tested is  t o  pa= the boundary layer  
out of the subsonic diff'usor through s l o t s  out along the sides of the 
duct next t o  the cent ra l  body. A p h o t g ~ a p h  02 the arrangement is 
shown i n  figure 5, Slot3 of various widths and lecgths have been 

. t es ted  with the models having the Wo different  S C O O ~ )  shapes. 

The resu l t s  of t3e t e s t s  upon these twikacoop models a re  
summarized i n  figure 6 i n  which the maximum total-pressure r a t i o  
at ta ined a f t e r  diffusion is  plot ted against the free-stream Mach 
number. The reduction i n  the amount of bcundary-lcyer a i r  flowing 
through the i n l e t  t ha t  resu l t s  frm the llse of twi~-scoops causes an 
imp~vvement i n  the total-pressure r a t i o  tha t  is about the same as  the 
improvement produced by the addition of a 5' ramp t o  the annular 
intake, The difference i n  the recovery at ta ined By the i n l e t  t ha t  
encloses 61.5 percent of the circumferential lengbh of the forebody and 
tha t  a t ta ined b:. the model enclosing 37.2 percent of the circumference 
is  l e s s  than 3 percent, The addition of a ram? improves tho pl*essure 
recovely of both in l e t s .  The maxixum recovery with the 61. >percent 
entry occurs with a ramp angle of about 5 O ;  with the 3'1.2-percent 
entry the optirnulil rolnp angle is about loC. If s l o t s  are  cut along 
the s ides  of the duct, the 9ptimwr ramp =gle increases. The effective- 
ness of the s l o t  increases w i t h  ramp angle; at angles l e s s  than 5' 
the s l o t s  cause no improvement. With the 61.3 percent entry having a 
s l o t  whose depth is 50 peroent of the height of a scoop and whose 
l e w h  is 6 percent of the length of the subsonic di;fueor, the optimum 
ramp angle is  12' and the total-pressure r a t i o  is  about 88 percent of 
t ha t  occurring across a normal shock wave, The 3'1.2-percent entry 
having the same ramp md s l o t s  op%he same dimensions produoes a total-  
pressure r a t i o  tha t  is a b u t  &percent greater a t  a Mach number of 
1.36 and the same a t  a Mach number of 2.01. I F  the l e n e h  of tho 
s l o t s  of t h l s  model is increased t o  g percent of the lerqth of the 
subsonic diffusor, the total-preseure r a t i o  at ta ined i s  pract ical ly  
equal. t o  tha t  of a noma1 shock wave a t  Mach numbers between 1.36 
and 1.70. The 'ecovery a f t e r  diffusion is 96 percent at  a Mach 
number of 1.36, o r  it i s  equal t o  tha t  of the Ferri-type nose i n l e t .  
Although t h l s  high recovery i s  obtained a t  the expense of external 
drag, the increase i n  the drag force may be small i n  comparison t o  
the irnpropenent i n  $he total-pressure recovery. If  so, the i n l e t  
'xih be satigfactory f o r  a i r c r a f t  f ly ing  at low supersodc Mach 
numbers, The pressure recovdry - decreases - --- a s i ~ l l  agount &n re la t ion  
t o  tha t  through a normal shock wave f o r  Mach numbers above 1.70. A t  
a Mach number of 2.01the recovery attained by t h i s  model i s  94 percent 
of nolmal-shock recovery . 
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Figure 1. - Annlar-entrance model with 5' ramp, 

(a) Model with boundary-layer suction slot. 
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(b) Model with nozzle to accelerate the boundary layer. 

F'igure 2. - Annular-entrance models with boundary-layer control. I r r  
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Figure 3.- Variation of maximum total-pressure ratio with Mach 
number for annular-entrance models. 

(a) Inlet enclosing 37.2 percent (b) m e t  enclosing 61*5 percent 
of the circumference of the of the circumference of the 
forebody. forebody. 

Figure 4. - Twin-s 



Figure 5. - Twin-scoop model with slots. 
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Figure 6.- Variation of maximum total-pressure ratio with Mach 
number for the twin-scoop models. 
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NACELLES FOR HIGH CRITICAL l5lZEDS ON 
, .  u 

srPri1cm AND 'EM~PLI vmGS 

By Robert E . Dannenberg - 

Aws Aercnauticd, Laboratory 
- I. ! *  - 

- ' The developent of a large high-speed airplane u t i l i z ing  jet  
engines normally r e q ~ l r a s  t h a t  the engines be enclosed i n  necel-lea 
attached t o  the wing, In order t o  achieve high fl igh* veloci t ies ,  
it is necessary t o  design the nacelle so that not only is  the a i r  
ducted t o  the Jet  engine In .m ef f ic ien t  mannpr but a lso  so t-hat the 
air flow over the nacelle does not d e t r w n t d l y  a f fec t  the high-sxced 
drag character is t ics  of the airplane. The combbination of the wing 
and hacel1.e give r i s e  t o  interference e f fec t s  (par t icular ly on We 
$?ag knd c r i t i c a l  speed of the wing-nacelle combinakion) tha t  4 ~ 0  
controlled through the design of the nacelle contour and i$s  positicn 
on the wing; 

The Imgley  Laboratory has recently made hi@-speed wind-tunnel 
mea8w:ements on the interference ef fec t8  of mcel les  on s t raight  wings 
(refgrence 1 ) .  A s  shown i n  f igure 1, the simulated nacelle f o r  these 
t ee t s ,  an NACA 111 body of fineness r a t i o  6, w a s  mounted i n  various 
ver t ica l '  positions on a twodlmensiozlal s t reiet  w i n g  having an 
WCA 65-210 section.  his figure shows the e f fec ts  of the ve r t i ca l  
p o d t i o n  af the nacelle 1-ocated 66-gercent-chord length ahead of the 
wing, ae shorn by the correspondiw 11nes, on the nacelle drag coef- 
f i c i e n t b a s e d o n t h e f r o n t a l a r e a  C a s a f u n c t i o n o f  Machnmber M. DF 
In the underslung posi t ion-  (shown by the solid-liae curvee), the drag 
increment a t  the maximum available t e s t  Mach number of 0.7 indgcated 
a d l e r  tendency t o  increase at an angle of a t tack a of 0 than 

' i n  the other positionb. A t  an angle of a t tack  of 2.50J the underslunp 
,nacel le  drag variation was oimilar t o  that of the plain wing, whereas 
the positions above the wiw sfiowed large drag r iees .  The f ac t  t h a t  
them inteflerence drags a r i se  from the increased ve loc i t ies  provided - 
b-y the nacelle over the midchord section of the wing is confirmed by 
the presme-dis t r ibut ion  . - studies. 

I ,  . <. "- ,, ' ' I : ., - . . . . . .  . t .. . -. . . I , -  

A t  -an &@e of a t tack of oO, the peak suction pressures of the 
. . nacelles are  located near the. midchord section of the wing. For the 

nacelle 'in the underslv.ng position, these preasures combine with the 
lower eurface pressures of the wing. The presfiuree over the uppar 
amface remained essent ial ly  the ,game as over the undisturbed wing. 
Raisin$ thq nacelles from the low position increased the veloci t iee  - .. 
over the wing adjacent to the n&ceilos a i d  riesulteh ?n a decreased 
Mach number a t  which the severe drag rieeo occurred. This ef fec t  is 
even mre pronounced a t  higher angles of  attack. 



Figure 2 shows the influence 09 horizontal position on the drag 
character is t ics  of the undersLung w e e f l e ,  Although l i t t l e  drag 
variat ion was noted at an angle of attack of O0 up t o  the maximum 
t e a t  Mach number, the drag coeff ic ients  decreesed with forward 
naceU-e location s t  an angle of a t tack  of 2.50. L i t t l e  change vas 
notad on the d n g  pressures from varylng the m c e l l e  poeition hori- 
zon td ly ;  however, the forward posit ion resulted i n  an ~ p p r e c i ~ b l e  
lose  izl l i f t  of the wing-nat2eU.e cambina'rtion. G!viw the nacelle 
(shown by %he solid-line curve) ei ther  poslt ive or  negekive jncidence 
reduced the Mach number a t  which the drag r i s e  occurred. 

The Ames Laboratory has made wind--tunnel studies of the inter- 
ference ef fec ts  of a nacel ls  with i n t e d  air flow a s  shown i n  
f igure 3.  This msearcb covered naceUe types f o r  c~~ven t iona l -wing  
h i g h - - p d  bombers, p m r e d  with four  je t  engines housed e i t b r  i n  
two dual-imit nacelles, which a lso  enclose the landing wheel, o r  i n  
four  single-unit nacelles.  Tests were made f o r  the nacelles under- 
slung bexieath tbe wing and fop nacelles cent ra l ly  located on the wing. 
Figure 4 shars the internal  mangentant of t:?e dual-mit nacelles. 
The jet  engines were placed well forward on .the w b g  t o  a id  i n  
prov! ding p r o p r  balance t o  the a i rp lam . Retracting the lending 
wheel i n t o  a forward poaiti.cn of the nacalle allowed the c u s p t y p  
afterbody 60 taper  more gradually and kopt the f ron ta l  and aur-face 
areas a s  d l  a s  possible. The forebody shape ahead of the wing 
was d e a i w d  t o  have no localized veloci ty  peaks over the lips. The 
general body lines were selected t o  eive constant cross-sectional 
area f o r  the central  portion of tho nacelle to minimize t h e  additional 
ix&3rf'erence veloci t ies  produced by the nacelle i n  the region of the 
wing. 

The dual-unit nacelles a s  s h m  in figure 4 and. the single-unit 
nacelles were developed in a low-speed via&-tunnel investigation on 

1 a 6- scale model (reference 2) .  The nacel2es showed desirable aero- 

dynamic character is t ics .  Satisfactory internal  preesure recoveries 
were obtained. The drag of each nacelle based on the f ronta l  area 
was approfimatSly 0.05. Negligible adverse interference e f fec t s  on 
t he  maxhum lift and pitching-m-nt character is t ics  were experienced. 
&catt;bg the nacelle pderslung,  beneath the :rin& resulted i n  a s l ight  
increase of the angle of zero l i f t .  The predZcted c r i t i c a l  compressi- 
b i l i t y  speed f o r  the combination of the wing and each nacelle above 
an inlet-velocity r a t i o  of 0.5 was ~ b o v e  tha t  of the plain wing exsept 
i n  the wing-nacelle juncture. 

The high-speed character is t ics  of the dual-unit mce l l ee  were 
obtained with a A- scale model, of the w i n g ,  fuselage, and two 

100 
nacelles (references 3 and 4).  The external-drag ooeff ic ien t  of 



t& tlnderslung and central  d u d  nacellea, based on the f ronta l  area, 
were 0.06 a d  0.044, respectively, a t  zero l i f t  aN1 a t  a Mach number 
of 0.74. The variat ion i n  pitching moment and angle of a t tack for  
zero l i f t  wlth Mach number w a s  s l i gh t  up t o  drag divergence. 

' F r e s s ~ e  studiee a t  high speeds shared sat isfactory d is t r ibut ion  
over the m c e l l e  except . i n  the wing-nacelle junctui-e. This was similar 
t o  the reeulto predicted'fron the low-epeed t e s t s .  Normally, the 
c r i t i c a l  Mach nunbere are coqared  as  an indication of whather td 
Mach number f o r  drag divergence of the  wing-nacelle combination is  
equal or  below tht of the plain wing. Fieure 5 ahowe the predicted 
c r i t i c a l  Mach number Mcr a s  a function of the angle of a t t a c k  a 

: of the various sections of the dual underslune nacelle,  The c r i t i c a l  
' Mach number of the upper center line, tip l i p  section, the half- 
breadth, as  well a s  the ,upper and lower junctures, are  presented 
inasmvch a s  they are  rapreeentative of the t;ype encountered with an 
underslung nacelle. The lower wing-nacelle Junctwe, although 
f i l l e t ed ,  was c r i t i c a l  over a smell m@e range (fig. 5 ) .  These 
predicted c r i t i c a i  MEtch numbers were based on the peak suction 
pressures occurring at the iuncture l s a d i n ~  edge. Baeing the 
predicted Mach number on the juncture pressure a t  the midchord 
section would resu l t  i n  a value above that of the wing. Centrally 
located nacelles exhibit stmilar c h ~ z a c t e r i s t i c s  e x c e ~ t  tha t  the ' 

c r i t i c a l  pressures uoually occur in  the upper-ercrfrzce jylctyre a t  
the' max3mua thickness of the wing. 

The high-epeed drag character is t ics  of the dual nacelles @? 
, *&nted 1n.figure 6. In t h i s  figure the drag coefficient CD of . . 

the w i n g  and fuselage with two nacellea are presented a s  a function 
of Mach number I4 and ere  s h m  by the corresponding l i n e s  for l i f t  
coefficfent CL of 0 and. 0.2. The presence of e i the r  type nacelle 
had no appreciabl~ ef fec t  on the Mach number of wag divergence 
compared t o  the basic wing-fusela& cornbination other than t o  steepen 
the  r i s e  of the drag curves a f t e r  the di'vergence Mach nmber was 
reached. It i s  interest ing t o  note tha t  the predicted Mach number 
as set by the leading-8dge-junoture pressures was well below t h a t  - 
obtained by actual  t e s t .  This would indicate tlzat a predicted 

. 'r 

c r i t i c a l  Mach number, based on the very localized suct ion pressure 
occurring in a'ving-nacelle Jwcture,  i e  evidently quite conservative. 
Extensive pre saure surveys made i n  the wing-f uselage juncture revealed 
that the c r i t i c a l  pressures were containen i n  a very anall reglon 
ad Jacent t o  the nacelle. that extended but A- chord length along 

100 
the epan, Outboard of t h i s  region the pressures were sat isfactory.  

!i When the problen of nacelle design on a m p t b a c k  wing i s  
considered, i t  i e  tieelred tha t  the intarfarenee effects  resulting 



frgn the addition of the naoelles on the swept w f q ~  will not reduoe 
the divergence Ihch number, Any reduction w i l l  tend -to nul l i fy  the 
advantaees gained throt?gh the use of sweepback. 

Before proceeding with the problem of the design of an ailr-f low 
nacelle, .it w a s  necessarg t o  obtain infornsazion r e l a t ive  t o  the 
interference ef fec ts  of a Je t  naceIle body on a sweptback 
For this purpose, a nmel l e  was novnted st varfoun posit ions along 
the 31-gement scmlspan s t a t ion  of a aweptback wing as shorn in 
figure 7, The nacelle was simulated by a prolate e l l ipso id  of 
fineriess r a t i o  5 mounted On an NACA 66-212 wing swept 35'. 

. The nacelles were investigated at  low speed at  the cen t ra l  
locations shown i n  fignre- 7: (1)  a forvard posi t ion 40-pe~cent-chord 
length ahead of the wing leading edge, (2)  a leading--edge posi t ion 
coincident with the wirg leading eLge, and (3) an a f t  posit ion - 
coincident with the b p e r c e n t  wing-chord l ine.  The nacelle was 
a lso  mounted i n  an unclemlurq gosit ion 4Cbpercon"irchord length 
rhead of the wSng leading edge and on a strut below the wing as it 
wae believed tha t  such a pooition may be necesswdr t o  reduce the 
in te r f  erenc o e x e c  ts  , The nacelle was located ahoad and o oinc ident 
with the wing leading ectge on different length s tp ts .  

m e  experimental recul ts  of the low-speed investigation 
(reference 5 )  showed tha t  the nacolle i n  the above locatians had 
negligible e f fec t  on the maximum lift and pi tchinzaonent  character- 
i s t i c s .  Locating tho nacelle beneath tlie wing and on the s t r u t s  
s l igh t ly  increased the angle of zero l i f t .  The external-drag coef- 
f i c i en t  based on the f ronta l  =ea W ~ E I  app~ox imte ly  0.05. Practically 
the om %?ffect  of the nacelle pooition was on the gressure d is t r i -  
bution. A l l  the wing-mounted nacelles produced EL ve1ocj.k~ d is t r i -  
bution. over the center l ines  which were l e s s  than the maximwn - veloci t ies  ov& the basic' swept King. The lowest velocity d is t r i -  
bution was obtained over the center l i n e  of the k e U e  having 
the minimum presoure point Carthest a f t  of the minimum pressure 
point of the wing (that is, t h e  nacelle i n  tile a f t  posit ion).  The 
application of a wing-leading-edie entrance with such a nac,elle 
posit ion is indicated. 

!.-% ' . , . 
. r  .. - . . ... .... _ .  ' . ' . . . . , , . . ...- ... ...,. .: .-.. ,.-- . ... . .. L. . 

The pressure distribution aloG .ihe f n b o a d  vii$&i& &ile  . . .-. 

Juncture varied with nacelle location. With the nacelle i n  the 
forward position, the peak suction pmssures a t  the' ;jut ture  leading 
edge were well  above those of the wing, I n  the leadinG-edge position, 
the.pressures were generally ~f tho same magnltyde as the prespures 
along the midchord of the wing, Locating the nacelle i n  the a f t  
posit ion . reduced . .  the Juncture gressuws ,yel l  belpiw those of the wing, . .  , , .  , .  . 

,. , . 



The pressure distribvrt.+on along the  outboard junctures were satis-  
factory for all nacelle positions, . 

The pressure d i s t r i b ~ t i a  over the nacelle mounted on the s t r u t  
of length3 20-percent and 3 b p e x ~ e n t  chord. 'oelow the wing were satis-  
factory; however, t b a  s t r u t  j~uzctures a t  the na.cel7.e and part icular ly 
at the wing showed the formation of hi@ I.ocalized ve loc i t ies  over 
the inboard surfeco . Theae hi& veloci t iee  were due In part t o  the 
euctlon pressures of the s t r u t  and lover w i n g  surface being coincident 
at the eame chordwiee s tat ion.  Undoubtedly these ve loc i t ies  could be 
reduced by changing the location or' the st.rut peak pressure with 
res-pct t o  tlmt gf the w i n g .  

The Langley Laborato~y (reference 6) investigated the ef fec t  of 
a central  nacelle located ahead of the leading edge of a weptback 
wingw- the engle OP sweep A is  e q w  t o  4j0 as s h m  i n  figure 8. 
Up t o  the m~imum avaiiable test Mach number of 0.61, the addition 
of the nacelle b d  but l i t t l e  e f fec t  on the l i f%,  d r a ~ ,  and moment 
characteristics.  The p r e s s ~ ~ - c w f l i c i e n t  cont5urs over the uyper 
eurfece , of the wing an< m c e l l e  are  sham i n  f bpyre 8 f o r  a Mach number 
of 0.6l.and a l i f t  coefficient of 0.20. The pressurea over the nacelle 
are l eso  than those over the midchord section of the basic wing except 
f o r  a very emdl region at the .inboard-jw-cture leading edge. A 
poesfble detrimental interference ef fec t  due t o  the nacelle i s  the 
sh i f t ing  of the constant preasurct lines along the plain wing from a 
posit ion para l le l  t o  the wing leading edge t o  one normal t o  the f ll&t 
sath. Fufiher research a t  high speeds i s  necessary t o  evduate  t h i s  
e f fec t  on the drag chsracter is t ics  . Slmi3.ar r e su l t s  were obtained 
with the same; nacelle location but w i t h  th6 wing mrept forward 45O, . .  
except tha t  the leacling+dge peak suction pressures shif ted t o  tha 
outboard juncture. 

In summary, the deeign of a high-criticel-epaed wing-nacelle 
combLnstion i s  primarily dependent on tb locat!.on of the nacelle 
st~ch t ha t  the peak suction pressures of tb n a c a l e  and wing do not 
coincide at the same chordwtse position or unite in  an area tha t  i s  
largely influenced by the l i f t  add-ltional of tbe wing. The low-speed 

- 

or  basic drag of the combination depends upon the contours of the 
. ,  .. ' nacelle and its lotatlon on the wing. It is p a t e a t  whoa the wing- 

nacelle components intersect  i n  such a way that regions of adverse 
pressure gradients face each other u p g  t h e i r  surfaceo. Early drag 
r i s e s  resulted. f o r  a wing-nacelle combination on a s t raight  wing i n  
which the presswes coincide i n  the midchord section of the wing, 
par t icular ly with the nacelle i n  a central position. Satiefactorg 
.drag character is t ics  were obtained fo r  the nacelle de3i@ i n  which 
tlas p a k  suction preasures were located behlnd those of the wing. 
High-epeed drag resul t8  showed that the localized peak suction 



pressures a t  the leading edge ot' the wing-mcelle juncture on a 
conventional wing did  not contribute t o  a redustion i n  the c r i t i c a l  
apeed of ths  combination, 
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Figure 1.- The effect of vertical nacelle position on the drag coefficient. 
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Figure 2.- The effect o position on the drag coefficient. 



Figure 3.- Jet-engine nacelles mounted on the wing panel. 

CENTRAL UNDERSLUNG A-12179-6 

Figure 4.  - Internal nacelles. 



Figure 5.- Critical Mach number characteristics of the underslung 
nacelle at an inlet-velocity ratio of 0.8. 
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Figure 6.- High-speed drag characteristics of the wing and fuselage 
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Figure 7.- Nacelle body locations on a 35O sweptback wing. 
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Figure 8. - Pressure-coefficient contours of a centrally located 
nacelle on a 45O sweptback wing. 





a . - 67 

m o m s  AT 'EIIGH S P ~ S  

By Eugene C . Draley 

Langley Memorial ~ e r o n a u t i c a l '  ~abora tb ry  

The f i r s t  NACA high forward-speed propeller t e s t s  were con- 
ducted duriprg'the recent war period. The purpose of these high- 

- 4 speed propeller t ea t s  was t o  stxdy the  fac tors  affect ing the pro- 
pe l l e r  performance a t  high speede and t o  obtain information , 

permitting the design of propellers having high peYformnce a t  high 
forward speeds. The purpose of t h i s  paper is t o  present the more 
recent r e su l t s  obtained i n  t h i s  program. Studies have been made of 
a i r  flaw phenmena a t  l a w  speeds, which a r e  therefore not included. 
i n  t h i s  paper, of same of the basic factors  which a f fec t  high-epeed 
propeller performance. These s tudies  cover research on propeller 
pitch dis t r ibut ion (reference l ) ,  propeller d e ~ i g  and performance 
(references 2, 3, and 4), dual-rotatlon propellers (references 5 
and 6), and the f i e l d  of flow around a i r  i n l e t  cowling8 and pro- 
pe l le r  epinners (reference 7 ) .  

d 

The re su l t s  of the t e s t s  of the  NACA &-~,0843 ~ r o p e l l e r  i n  the 
Langley &foot high-speed tunnel are presented i n  figure 1 which 
shows the s ta tus  of the high-speed research program on propellers. 
I n  the upper part of t h i s  f igure is a plot  of meximum efficiency 
against forward p c h  number. The desigr? nllmerals represent, i n  
order of presentatton, the propeller diameter, the design camber i n  
t e r n  of design lift coefficient a t  the 0.7 blade-radius s ta t ion,  
the thickriess-ratio a t  the 0.7 blade-radius station, and the 
so l id i ty  per blade. These t e s t  r e su l t s  were obtained f o r  a blade- 
angle se t t ing  of 60'. Fpr purposes of cmgarison there a r e  
included i n  t h i s  f i v e  the efficiency character is t ics  of propellers 
currently i n  use a t  the time the high-speed propeller program was 
in i t ia ted .  Also included, f o r  purposes of canparison, I s  the 
variation i n  idea l  jet-propulsion efficiency based upon typical  . 

values of the thrust  per uni t  area currently used i n  Je t  engines. 
Comparison~between the previous propeller efficiency and the 
NACA high-speed propeller efficiency indicate0 the gains made i n  t& - 

early phase of the research program. It sliould be noted tha t  the levels  
, of effiqiency for the PACA propeller a t  low speeds i s  unusually hiljh, 

well '  i n  exc'ese 'of 9 percent. 'The resu l te ' ind ica te  tha t  propellere with 
re la t ive ly  high levels  of efficiency could be designed fo r  speede 
a s  high a s  500 miles per hour. These high levels  are the r e s u l t  
of ueing optimum NACA l&er ies  propeller a i r f o i l s  with very th in  
sections, of eliminating the thick shank sections of propellers, 
and of desigriing the propeller t o  operate with idea l  Betz loadings 
by methods outlined. i n  references 8 and 9, Camprison of t h i s  
efficiency with the efficiency of typica l  pravious propellers Indi- 
cates  the gains i n  propeller performance thus obtained by improved 

.. -- 

Preceding page blank 
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design. The onset of c & p r e a s i ~ i l i t y  e f fec ts  was delayed by about 
100 milea per hour i n  foryayd,spe.ed. 

The early phase of thie, research program was lybited i n  forward 
Mach number t o  approximately 0.7 '(approximtelg 3CO miles per hoilr) 
and t h i s  l imi t  is indicated by the cross-hatched region i n  figure 1. 

.. * 

. . - A r i c e i t  phase of t h i s  'kirk has .'include$ the bxten&i6n i n  the 
~ a n g l e y  8-f opt higkpe.6.d. turlnel  of' . - this study t o  higher forward 
speeds i n  excess of 90 percent of the speed of sound./ The7'part of 
the curve t o  the r igh t  of tad . crbes-;hstched, region represents .the 
r e s a t s  of these t e s t s  (reTerence LO) .' -''J!h pur>ose of the t e s t a  
was t o  obtain data a t  e x t r 6 l . y  high forward sgeeds and increased . 
power loadings f o r  a study of theCphenomena i n  t h i s  speed range 
and thus t o  define for modern, gropeliers the  miximan eflf iclency 
char&ct&istics and t o  obtflin indications of possible fur ther  . . . . . .  . . improeaent i n  ijropeller perf o m n c e .  . . .  

. . .  
. . 

. ~ h *  t e a t  r e s u l t s  show that, a t  f o k a r d  Mach numbere i n  the - - -  

. .  order of 70 percent of t h e  speed of eounh, very large serious.  
adverse e f fec ts  of c a p r e s s i b i l i t y  occur so tha t  efficiency levels  
of the order of 50 percent t o  55 percent are. reached a t  forward Mach 
numb;efs of 85 percent of the speed of so'bnd. Tili~s,  f o r  t h e  f irst  
t j m ~ ,  a. carparison is obtained which. defines the range of. forward ..: 
speedb in which propellers ape' more e f f i c i en t  t w n  Je t  engi-nes and 
the range of speeds. ' in which je t  engines. a r e  more e f f i c i en t  than . 
propellers. It should be noted, however, tha t  t h i s  'comparison-: 
between the '  ideal j e t  efficiency and t'ne propeUcr efficiency is  
subject t o  changes, a s  i l l u s t r a t ed  by the f a c t  t h a t  large -prove- 
ment,over the previous propeller character is t ic& ,has ~Lready been 

* .  obtained. . . .  . . .  . . 
~ - -~ .,. 

-., : 
. . . . .  . . ! .  . ' 

, . .  - 

, '  The aecond part of figure 1 is plot  of the parer. ooeff i c i e s t  
correspondsng t o  the eximwn efficiency curve for '  the two-blade. 

. HACA,.propeller sharn in the upper par t  of the f igure .  Of l n t e r a s t  
here is the f a c t  t h a t  the e f fec ts  of compressibility 'on' the power. 
coefficient corresponding t o  maximum efficiency does not lead t o  
v e q  serious ,and abrupt reductions i n  the 'value of this.  power coef- 

.: + .  .f icient,.which reduction w i l l  be sliown later t o  occtu. a t  lower 
; sett ing0 of the blade angle. A s  a matter of fact ,  a t  the maximuny 

- .  
i . . .. .. speed shown there is e- tendency' toward m t h e r  increas6s' - i n .  t h i s  . +:. 

power coefficient. Tests made a t  higher speeds where maximum eff  i- 
ciency .was not obtained i n d i ~ a t e d  moreover tha t  a t  these higher 
speeds fur ther  rapid increases i n  the power coefficient can be 
expected.. Predictions based: on low-speed. informti,on of the power 
coe.ff ic'lent f o r  ,maximum ef f ic1,ency for* the h&jk 'advance-rdiameter : --. , 

. . ,  . . . . . .  . . . . . . . . . . . .  . . . .  . . .  ...I..... . .  . . . . . .  . . ,. . . 1 
..i . . e .  . .  . . - . .  . . . . . . .  

. . .:.'. 
. . . . . . . .  -,! : . . 
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. r a t i m  (approximately 4) associated with blade angles of 60' a re  
. thue indicated t o  underestimate' t h e  hi&-apeed value of the power ,. I .  . -  . 

coefficient.  . ,. , J."  , r  . f3  '. ' *  . .. 

The lower par t  of ffgure 1 i l l u s t r a t e s  o m e  .of the reasons f o r  
, t h e  aforementioned changes, It is  a pldt  of the radial dis t r ibut ion  

of thruet along the blade radi'uB measured by m&ntum s.urve~s. A t  
l a w  speeds the dis t r ibut ion of thrust  very closely approaches the 
ideal  loading for  which the pPopeller was desimed. AB the forward 
speed is  increased, however, effects  of c c q r e s s i b i l i t y  lead t o  loss  
i n  thrust,  f i r s t  a t  the t ip ,  and, with fur ther  increase8 i n  speed, 
these loseea progressively move toward the r o o t  s e c t i ~ n  of the prc- 
pel ler .  Thie type of phenomenon has been i l lus t ra tqd  before 'a t  ' 

Lower advance-diameter-ratios (referencae 11 and 12) .  As t h i s  loss  
progressively moves inboard, hwever, another >henomenon begins t o  
occur a t  the t i p  st these high blade. angles and r e su l t s  ' in  -increased 
t i p  l o a d s , ,  Tqis increaae of laad a t  the t i p  coqensates  f o r  the 

- : Loss i n  ,l&d a t  the inboard sections. Jndications of thia ' ,epfect . 
--;haPe als,o bee0 found i n  f l i g h t  [reference 13). , .  

J . '  , *..;., 
The increased load a t  the t i p  sections of the propeller 4s , 

- 

believed t o  be.associated with the second farce-break character is t ic  
sham t.o occur f o r  wings and a i r f o i l s  i n  the transonic-speed radge 
wbre ,  i n  'plots of wing l i f t  coefficient far constant a w l s &  of' 

' 

a t tack  againat Mach number, there is  an abrupt r i s e  i n  t h e ' l l f t  , - _  - . 
valueg following the well-known loss  i n  lir't character is t ics  
(ref erepce 14) . 

. t . l S 1  

The resul tant  section Mach number has been ca lcuhted  f o r  a '. 
large number of these measured thruet dis t r ibut ions f o r  the points 
along the-blade r a d i u ~  where the loss  i n  thrus t  between the low- 
speed thrust  value and the value a t  any high speed is  the'maximum. 
The result'ant Mach number f o r  a l l  cases tends t o  sca t t e r  closely 
arounda value'of the resul tant  sectionMach number of 0.9. . - a  , . 

It i s  believed that, with such thrust  dis t r ibct ions as weye 
measured f o r  forward Mach numbers of 0.85, the ~farementioned'losses ! K: - 
i n  efficiency f o r  these speeds may include a h-rge component of I 

induced loss  because of' the departure fqom ,the jdeal.loading (as Indi-, 
. . cated by a ompaxieon pf the lar-&pe,eb and ,$he h&h-epeed thrus t  1 .  

distributions).  Modification of pi$ch distribution, 'for example, t o  
provide a closer a2proach % t o  the' q e a l  'type 'of Laac dis t r ibut ion  
may offer considerable improveni~nt,~ia the efficigncl;es shown. 

1 

calculations *re fur ther  &djcitea that +a la& pr't of the 
induced loeaee which &iy 0 c . c ~  qt' tHese h i g h . f o ~ < d ,  sjeeds and hf.qh 
advance-diameter r i t ~ o e  can' be' ekpec6ed t o  be associated with induced 



ro t a t iona l  loaaea. Thus .the use of dual-rotational propellers which 
theore t ica l ly  a t  l e a s t  e l j n i m t e  the ro ta t iona l  loseeo a re  indicated 
t o  offer  improvements i n  propeller efficiency. 

The use of &weep t o  delay the onaet of c a n r e s s i b i l i t y  e f fec ts  
t o  even highor forward spee'8s is  a l s o  currently being studied. Pre- 
liminary t e s t e  with sweep incorporated i n  just the t i p  section of 
propeller blades has indicated 'that th6.use of sweep w i l l  ? e m i t  a 
s ignif icant  delay i n  the onset'-of compressibility ef fec ts  (refer- 
ence 15). More recently the NACA found tha t  there vere propeller 
blades incorporating sweep which bad been b u i l t  for f l i g h t  t e s t s  by 
a rhanufacturer. It appeared t ha t  these blade8 would be available 
kooner than Bxlsting NACA designs which are currently being bu i l t .  
Steps were taken t o  procure these blades f o r  tes t ing  i n ' t h e  

. Langley 16-foot high-epeed tunnel. 

Figure '2 describes the propellers and the t e s t  r e s u l t s  obtained. 
Two propellers wore teeted, one s t ra ight  end one with swoep a s  indi- 
cated by the plan-form l ines .  The part  belaw the 2ropellers is a 
p lo t  of the variation of sweep angle along the radius of the swept 
propeller. The r e su l t s  of the t e s t s  a re  shown i n  the lower p a r t  of 
t h i s  figure i n  the  form of maxlm~un efficiency plotted agQlnst  
res id tan t  t i p  Mach nmber which is  chosen rather  tlmn forward Mach 
number since the resul tant  t i p  Mach number iti a moye exact indice- 

. tion of the onset of cmpress ib i l i ty  effects .  The differences i n  
maximum efficiency between the s t ra ight  and swept propellers shown 
are  within the experimental accuracy of the t e s t e .  The r e su l t s  show 
tha* sweep can be incorporated througiiout the blade radius without 
serious adverse e f fec ts  on lo~r-apeed efficiencies.  Even a t  the 
maximum t i p  speed attained, which was a l imitat ion im2osed by the 
larger  diameter (13 f t )  of t h i s  propeller a s  cmpared t o  the atandard 
s i ze  (10 f t )  f o r  which the dynamometer equ ipen t  was designed, them 
were no essent ia l  differences i n  the propeller eff ic iencies ,  Pre- 
sumably, delays i n  the onset of crrrapressibility effect6 might be 
indicated a t  higher t i p  Mach numbers-. Because no ef fec ts  of corn- 
press ib i l i ty 'a re  shown, the magnitude of the delay f rm the amount 
oF*sweep uaed Ma not been defined. 

included i n  the part just  under the blade plan--form curves fo r  
. - .  , .'the tw&-propellw~ tk indicate the mount of sweep required f o r  a 

given delay of ccrmpressibility e f fec ts  is  tho varir*tion i n  sweep 
indicated by ana ly t ica l  studies t o  be required to delay compressi- 
b i l i t y  effects  b~ approximately 100 miles per hour. These valuss 
indicate tha t  large amounts of sweep a re  necessary before signifi-  
cant delays in  the onset of compressibility effecto can be realized. 
This . eihq character is t ic  has already been shown f o r  wings where . e .  . '  I .  
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ewe'q anglee - of ' l e s s  thari 30° a r e  not effect ive in  delaying c a w  
prees ib i l i ty  effecte.  

In addition t o  the recent wmk performed' t o  study the phenmena 
on propellers a t  speeds i n  exceae of 500 m i l e e  per ho'n, there has 

. pbeens made‘-concurrently with the work juot discuosed a study a t  
speeds up t o  500 miles per hour , in  the langley 16-foot high-speed 
tunnel. of the effects of various design parameters on propeUer per- 
formance (references 16, 17, 18, and 19). 

. Xncluded i n  tfiia w o r k  is the e f fec t  of eol idi ty .  These r e 6 d t a  
ar6 s h a p  in figure 3 for studies of three propeller configuratibm. 

.Tests were made of a two-blade narrow propeller, a two-blade wide 
prdpeller having increase i n  so l id i ty  of 50 percent over the narrow 
blade propeller, and a three-blade propeller u t i l i z ing  the  eame 
narrow propeller blade, thus providiM again a %-percent increase 
i n  propeller sol idi ty .  The r e su l t s  a re  presented i n  the upper part 

- i n  the P m  of a p lo t  of maximum efficiency againat resul tant  t i p  
Mach number fnr a blade angle of 45O.  It is indicated tha t  l i t t l e  
or no changes i n  efficiency occur i n  increasing the so l id i ty  by 
increasing the nmber of blades or t h e - b l a b  width, As a matter of 
faof, the  changes i n  efficiency shown correspond i n  magnitude t o  the 
calculated changes i n  efliclency due t o  the  increased induced losses 
o c c w ~ i n g  for the hlgher so l id i ty  propellers. 

- 

'The lower part is a plot  of the power coefficient corresponding 
t o  the maximum efficiency c q e s  presented above. A t  l q w  t i p  epeeds 
the three--blade propeller absorbs considerably much more power a t  
maximum efficiency than does the two-blade wide propeller. Thus an 
increase i n  so l id i ty  by the use of an increased number 'of blades i a  
indicated to be more effect ive i n  i n c r e a ~ i n g  the power capacity of 
the propelxer than is an increase i n  so l id i ty  by increasing the  . 
blade width. . @ I L - ~ ~ L .  u~ , [ iL  !-! 
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A t  high t i p  Mach numbers where the e f fec ts  of compressibility 't 
a r e  show t o  be severe, very large reduct2ons i n  the power coeffi- 
c ien t  f o r  maxzinum efficiency for a l l  three prupellers tested was - 
observed. 

These curves, which a r e  presented for blade .angles of 450 
(advance-diame-Cer r a t i o  of approximately 2), are i n  marked contrast  
t o  the parer coefficient curves fqr maximum efficiency shown in  
f igure 1 where for blade angles of,  a0 (advancediameter r a t i o  
approximately 4) no such large losses were shown. 

~ h k  large variation in these mparer-ciefficient character is t ics  
a t  the high t i p  Mach numbere to ie ther  with the aifferencee a t  dif- 
f erent advanc e-diame ate8 tha t  predictions of these 



characterLstics based on l m d p e e d  data could. be expected t o  be 
inaccurate, However, i n  order t o  a t - k i n  even the mximum eff i -  
ciency shown a t  the higher t i p  Mach numbers, it is necessary t o  

.operst& a t  very near these. p e r  coefficients because the r e su l t s  
indicate tha t  departure fram these power coefficients would lead t o  
efficiency valuee colzsiderably leas than the majlimzim values shown. 

 he-onset oi ccmpreisibility e f i i c t .  f o r  the' vide-blase pr- 
er occurs a t  a higher t i p  Mach number than it does f o r  the 

propeller,  This difference is  believed t o  be a r e s u l t  
blade having the  lower 

r a t i o  have been shown i n  studies 
t o  delays i n  the oneet of 

(reference 20). Increaae i n  'eolidity by 
has been 'studied through b mnBe oi 

' t h a t  presented i n  f ig$k 3 ' (ref er- 
t e s t s  have given sQniJar Indication 
t o  delay the onpet *f canpressibil i ty 

e f f ec t s  . . I , -  

z. , . . 
Air fo i l  and - w i n g  studies  a t  high speeds have long i ~ i c a t e d  

tha t  reductions i n  a i r f o i l  thickness r a t i o  provides delays i n  the 
onset of compressibility effects;  Studies of gropeiler a l r f  o i l  
sections (reference 22) 'have indicated tba t  increased values of 

- 
efficiency even a t  low speeds can be obtained through the uee of 
thinner propeller s ac t ima .  Tests of propellers havlw di f fe rent ,  
thickness r a t i o s  have beell studied t o  evaluate these e f fec ts  i p '  
tenas of propeller perfomhnce. .' 

Figure 4 includes t e s t ' r e s u l t s  of two eeta df propellers having 
d i f fe rent  thickness ra t ios .  A pair  of propellers' having the plan 
form shown on the le f t  of the f igure and having ident ica l  
camber ( C L ~  = 0.3), but with sectional thickness r a t i o s  of ' 

12 and .8 percent, respectively, were, tee$&. , T.he d is t r ibut ion  of 
the thickness r a t i o  along t h e  propeller-blade radius is  shown.. The 
maxbum efficiency f o r  these two propellers is  plotted against  a 
t i p  Mach number, The r e su l t s  indicate tha t  even a t  low speeds, a s  
was indicated by the a i r f o i l  studies, the thj.nner propeller has the 
higher efficiency and thls incremental efficiency becanes con- 
siderably: Urger above t i p  Mach numbers of 0,92: Moreawr, the . 
point a t  which the e f fec ts  of cmprese lb i l i ty  begin t o  oocur a r e  
shown t o  be delayed by the thinner propeller. , -. 

On the right-hand aide of the figure, t e s t  r e su l t s  a re  shown 
f o r  L o t h e r  pair of propellers haviw ident ical  characteristioe but 
with thic&ness ra t ioe  of 5 and 4 percent, reepectively, a t  the 
0.7 blade-radiue station. The variat ion In  the tWclmese r a t i o  



along the blade radius i s  shown; In'  the' p lo t  of maximum efficiency 
chsracter iat ics ,  the thinner blade 1s the more e f f i c i en t  which, a t  
the kiighest t i p  Mach number presentad, amounts t o  an imp?ovement i n  
efficiency of approximately 2 percent and, a t  the erne time, incli- 
cates  f w t h e r  delays i n  the campr~as ib i l i ty  effects .  For example, 
up t o  t i p  Mach numbers of 0.97, the >percent thick propeller 8hovs 
no adverse e f fec ts  of ccmpreesibtlity; whereas the 8-percent-thick 
propeller i n  the left-hand par t  h a s  shown effects'  of compressibility 
a t  t i p  Mach numbers i n  the  order of 0'.94. Thus, reductions i n  pro- 
pe l l e r  thickness r a t i o  t o  ae low a s  5 percent a re  shown t o  offer 
improvements i n  propeller eff ic iency . 

Recent high-speed reaearch on propeller a i r f o i l s  i n  the 
L a x l e y  2 b i n c h  high-speed tunnel has included studies of the effect  
of camber a s  w e l 1 . a ~  effects  of thickness rat10 (roference 22).  The 
ef fec ts  of camber a t  high speeds, as  indicated f r a  t h i s  a i r f o i l  
data, is  ahown i n  figure 5 i n  which is plotted the section effi-- 
ciency of two propeller a i r f o i l s  havine; t he  thickness, differ ing 
only i n  design camber (NACA 16-506 and RACA 1L105). The section 
efficiency is calculated from the equation shown i n  the figure an3 
is a function only of the LJD charsc ter i s t ics  of the section. The 
values of L/D f o r  the two a i r fo i l s  were chosen a k a l i f t  coeff i- 
c ieu t  of 0.5 which 2s the design o-mating conaition for the hi~her 
cambered a i r f o i l .  The r e s u l t s  hava been plotted a s i n a t  section 
Mach number. 

A t  low speeds, a s  would be expected, the higher cam3erod a i r f o l l  
when operating a t  i t s  design lift coefficient of 0.5 is  approximately 
2 percent more ef f ic ien t  than the lower cambered airf 'o i l .  However, 
a t  high epeeds the comparison is reversed, the lcwer cambered airfoil 
being 2 percent more ef f ic ien t  than the higher canbered a i r f o i l  evsn 
though the lift coefficient is considerably i n  excess of the de'sign 
value f o r  the low cambered a i r f o i l .  Data for other thickness i'atios 
and f o r  other a i r f a i l s  have a l so  indicated the same trend, and the 
reeul ta  indicate tha t  a t  supercr i t ical  apeeds the most e f f ic ien t  
a i r f o i l  sections a r e  those which have very ana l l  m c ~ n t s  of Camber 
or no camber. Thus, improvements i n  propeller performance is  indi- 
cated through the use of reduced camber, par t icular ly i n  the t i p  
section of propellers where the sections.are often designed t o  
operate a t  supercr i t ica l  speed c0ndition8. 

Higb-speed propeller t e s t s  of propellers having variations i n  
camber have substantiated t h i s  conclusion i n  zenerel, and f jgure 6 
shows the r e su l t s  of a ser ies  of t e s t s  on throe p o p e l l e r s  d j f le r ing  
only in camber. The propeller-blade form is shown i n  the figure, 
and the v a r i a t i ~ n ~ i n  the design lift coefficient along the blade 
radius i s  a l s o  aham for the three propellers. Tile t e s t  r e su l t s  a r e  



i n  'th* form of maximum ef?iclencj. against  t i p  Mach number. 
The highes?  value^ %of efficiency a t  Low lk~ch.numbers, a re  shown fo r  
the propeller having camber corresponding t o  design l i f t  .coeffi- 
c ien t  of, 0.5. The propeller blade having a d'esign l i f t  coeff ic ient  
of 0.3. is, a t  low t i p  speeds, only a ,few percent le.ss e f f i c i en t  
than .the propeqer  blade haviw a design l i f t  coefficient of 6.5. 
The propsller blade having a design lift c o e f f i c i e ~ t  of 1.0 shows 
the poorest efficiency throwhout the r * ~ .  A t  supercr i t ica l  
t i p  speeds, however, there is a tendency toward reversal  of the 
capa r i son  between the p r o p l l e r e  having.0.5 and 0.3 d e s i p  cambors, 
the ,lowest cambered blade having s l ight ly '  the best efficiency. The 
ef fec t  i s ' n o t  as  etrong a s  was indicated by the study of propeller 
a i r f o i l s .  - , 

a .  

The- r e su l t s  of the propeller a i r f o i l  study a re  somewhat , 
masked by the f a c t  t ha t  there ex is t s  a Mach number gradient a l l  
along the propeller-blade radius so  tha t  the effgct  of supercritic81- 
speed operation i s  confined t o  the t i p  portions of the propeller, and 
thus the  f u l l  e f fec t  of the improvement in efficiency through reduc- 
t i on  i n  camber a t  supercr i t ica l  section speeds is confined t o  a. 
small portion of the gropeller . A t  higher advancediameter r a t i o s  
whereathe Mach number gradient along the blade is more uniform, . ! 

t h i e ' e f f ec t  would be expected t o  be larger.  . ,  

High-speed propeller research has thus indicated tha t  propellers 
having high levels  of efficiency up t o  forward speeds i n  the order 
of 500 miles ,per hour a r e  possible; t k i t  improvements i n  propeller ., 
eff ic iencies  a t  speeds i n  excess of 500 miles Fer hotr a r e  indicated 
thr'ough the use of pi tch d is t r ibut ion  modifications and,dual- 
ro ta t ion  propellers ; and that more ,extensive increases ars possible 
through the use of sweepback: and perhaps low aspect r a t i o  i n  
propeller blades, However, experimental studies t o  define 'the 
magn$tude bi these e f fec ts  have not been made. The proper selec- - t i o n  of camter, eolidity,  and propeller-section thickness r a t i o  has 
also been sham t o  effgct  s ignif icant  improvement i n  propeller . 
s e r f  ormance . 
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It i s  intended t o  present a brief review and progress report  of 
som of our recent studies pn, f l u t t e r  a t  high speeds. . I n  order t o  
present t h i s  work with a degree of cont inui ty, i t  i s  perhaps desirable 
t o  make a few obsei~at!.ona of general in te res t  on the  past streem of 
f l s r t t~ l r  work. 

The f i e l d  of f l u t t e r  i s  concerned essent ial lg  with a stukv of 
the c i r c ~ t m c e s  ~rhereby a complicated el.astic s t r ~ c t u r e  s11.ch as an 
a i r c ra f t  or  a i r c ra f t  component can spontrtneously become a " f lu t te r"  . 
machine and absorb energy from the airstream t o  the extent of ' 

damaging or  destroying i t s e l f .  Hence it would apyear tha t  knowledge 
of nonstationary aerodynaadc phenomm is a baaic requiremsnt t o  

, our understanding of f l u t t e r .  Yet i n  the old days (some twenty 
years ago) f . lut ter  was discussed without t h i s  Imawledge of even the  
l m s p c e d  a t r  forces, and analjsis employed e i ther  s t a t i ca l ly  
determined aerodynamic coefficients or, a s  continues even t o  the 
present day, a se t  or  matrix of n u b e r s  errived a t  by some combina- 
t i on  of reason, guess, and hope. 

Although theso older investigations sometimes led t o  scme 
misleading specific rules,  nevertheless they a lso  led  t o  cer ta in  
bagic r inctples  f o r  f l u t t e r  prevention. Thus, the baaic saaeguards 
of (a7 increased s t i f f n e ~ s ,  (b ) avoiPence of coupling ( i q l y i n g ,  
f o r  exeslple ) proper mass balance, and (c ) suff ic ient  damqing - 
followed without specific kI l~wldg8 ~f ths ai r  farces.  

The detailed questlone of what kind of s t i f fness ,  how much 
s t i f fness ,  how t o  a t t a i n  it; how much mass balance, where t o  ~ u t  it, 
what modes t o  balance against; how much <amping is needod, how 
re l iab le  i s  the d m i n g  available, how " i m v e r s i b l s "  i s  i r revers ib le  
when applied t o  control surfaces such a s  tabs. These and similar 
questions a re  not yet answered i n  genersl but orJy i n  special  
circumstances, f o r  these questions a re  t i e d  up w i t h  e l a s t i c  problems . 
which y e , , t o o  complex t o ,  be anything but agproximately handled, ' 
even without consideration 6f a i r  forces, and with aerodynamic 
problems which are  complicated enough even i n  the  s t e a e  case and 
f o r  r ig id  structures.  - - 

Yet the accumulated experience i n  f l u t t e r  is  pf formidablo 
quantity (as anyone who haa struggled wSth the  f l u t t e r  f i e l d  can 
a t t e s t )  aad represents inforqition obtairled by combinations of . . s t a t i s t i c a l  studies, analysi3, theory,' and test ing.  

- 



An exrtmple of a d i s t i l l a t e  of this experience I n  the form of 
recorlimended procedures i n  desiga i a  the Amy, IJavy, Conmerce 
bul let in ,  soon t o  be made available: ANC-12 (1) "Procedure fo r  
Aircraft  Stnrctural Vibration Survey" and ANC-12 (2  ) "bIe%hods of I 

Flu t t e r  Prevention" Paother example i s  the  tors ional  s t i f fness  
c r i t e r ion  of reference 1. 

Although s t i f fneso c r i t e r i a  and similer procedural. ru l e s  of 
thwnt can be of g e a t  i r a c t i c a l  hel? they should not some as  a 
eubstitute f o r  thought or  camuf'lage the need f o r  understanding, 

Before discussing the experimentit studies I would l i k e  t o  
give a thumb-nail sfretch of the theoret ical  basia f o r  stud.y of the 
aerodynamic forces and some of the im~l ioa t ions .  I intend t o  
present only the governing f i e l d  equatioils and t h e i r  significance 
without going into any mathemtical de ta i l s .  

The general nonstationzry flow equations f o r  i r ro ta t iona l  
potent ial  flow of a compressf.ble fluid. c a n  be expreesed i n  
invariant form: 

a where the d i f f e ren t i a l  syriibols a a and T-7 [ vX 3; + Vy $7 + Vz &) 
operate o d y  on the velocity potential  $ (not on v )  and where, f o r  
the  adiabatic pressure-density relat ion,  the local (variable) speed 
of sound i s  . 

The compressible-flow equations have not, so far a s  I am aware, 
been given t h i s  tme-equation form before and perhaps tha t  i s  a 
val id  reason f o r  showing it here. Tha potential  i s  propagated i n  

, . I: the  manner of 9 wave disturbance of f i n i t e  amplitude throu&out a 
medium i n  which the velocity of sound is variable. 

The invariant form serves t o  unify the general compressible 
potential-flow picture, a t  l e a s t  f o r  pur2oses of discussion. For . 
example when i s  absent the disturbance not neoesaarily at 
small the equation becomes the one t reated by Raleigh, Janzen, and 



Poggi. In  a apace of one dimonaion, f ~ r  example, it reduces t o  the  
equation of Riemann f o r  a e r i a l  plane waveJ of f i n i t e  ~ l i t u d e s .  
(For c = m, it reduces t o  the  incoupressible case. ) 

For anal l  dist-mbances frcm a main stream V i n  the x 4 i r e c t i o n  
the or iginal  n o n l l n e ~ r  equation hcomes a l i nea r  one and c is, now 
treated a s  a constant \ 

This e uation containa the equation f o r  the -papagation of oound 
(V = 01, the equation leading t o  th!n-airfoil theory and tho  
Prandtl-GlauerYt; and Aclcerwt ru les  i n  steady flow, m d  the equation 
t reated by Possio and others for subsonic end supersonic no=- 
stationary flow. The treatment of f l o w  i n  a plane on the basis  
of t h i s  equetion i s  In  pret ty  f a l r  shape and a number of thooret ical  
papers abd apglicaticns ex i s t  but much r e w i n s  t o  be done on the 
handling of f inite-epan problems. (see ref ermces 2 and 3. ) 

In the noar sonic region the l inearized theoret ical  basis  
c lear ly requires modif ic~t ion  aa indicated by the F'randtl-Glstuert . 

and Ackeret r u l e 8  leading t o  in f in i t e  slopes of the l i f t  curve 
at M 3 1. It is  l ike ly  that i n  this region it is necesoar;T t o  
employ i t e ra t ive  method8 and t o  take in to  account second--order and 
other e f fec ts  (including viscosity and shape fac tors  ) but even the 
enall-disturbance equation aspears different ly.  Thus, if all 
~ 8 l o c i t i ~ S  are  only s l ight ly  different from the velocity of 
sound c ,  and the main atreem i s  i n  the  x-direction, there i s  
obtained f o r  the equation sa t i s f i ed  by tho b l o c i t y  potent ial  

This equation red~ices i n  the steady case t o  a nonlinear 
equation leading t o  th s  transonic aimilarily ru l e s  discussed by 
von ICarman in  hio W r i & t  lecture. Wlth t h i s  anall background of 
theoretic* conaidera.Eione it is- apparent tha t  t he  detailed flow 



picture in the donstationary case, .particrllarly at nexr sonic speeds, 
can become very c~rn~licated. But in this su5Jec-b we often have to 
postpone olcr ilnder stancling of deb ils in order to s7jtaj.n knowledge, 
in reasona3le time, of integrated effects. b.formation on some of 
these intepated effscts was the objective of the first phase of 
our experinental work. 

Study of torsion-bending wing flutter at high spseds has 5eon 
made by means of wind-tunnel testing and also with the aid of 
recently pioneered tec2miques em9l~ying borc5 drops end rockets. 

The scope of the wind-tun~el investigation which was made in 
the Langley 4.5-f oot f lutter-research tunnel, 13 indicated in 
figure 1. The lnodels were cantilever wings which were simply 
built since flutter fatalities were many. They were mainly of 
wood construction, nany with suita3le metal inserts, a few had ribs 
and spars covered with fabric. A range of senispan--chord ratioo 
is covered,.a r q e  of sweep including some types of built-in 
Bweep and rotated models and some tapered wings. 

Fi,nure 2 shows a yartic~llar swept wing mounted as a cantilever 
in the Letngley 4.5-f oot flutter-research tunnel. FJO noteworthy 
features of this wind tunnel are the 30 to 1 possible density change 
in the medium and the relatively high Mach nmbers attained at 
different density conditions with low power by the use of mixtures 
of air and Freon-12. Some erratic results have been obtainad near 
Q p  tunnel speeds corresponding to choking conditions but in general 
the tunnel data taken at Mach numbers below 0.8 axe consid-ered 
reliable. 

Figure 3 ahows a high-speed-rocket flutter vehicle. It has a 
top speed corresr~ondix to about M = 1.5, an acceleration of 
about50 g. Its weight is about 100 pounds. It is the high 
acceleration type of rocket whlch experienced a large number of 
failures when originally used for aerodymmic teots and which led 
to the' empirical torsional-stiffneos criterion given in reference 1. 

This test vehicle is at present u~ed for eqloratov flutter 
testing and employs a break-wire to determine time of wing failure 

. , 
' (reference 4). Telenieter equipment for it is also 'being planned. 
Because of ita high acceleration, when wing failure occurs, it 
takes place within about a second from the time of launching. The 
few cases tested to date have shown fairly consistent results with 
duylicate f i r i ~ s  and also in comparison with the low-acceleration 
bmb drop tests; hatever it is plannod to test further for effects of 
acceleration. - 



Figure 4 i s  a photogr.aph of the  larger l o v ~ c c e l e r a t i o n  rocket 
(designated FR-1) s h ~ m  with 45O sweptback t e ~ t  wings. Its weight 
i s  about 250 pounds, i ts acceleration from 2 t o  kg  and i ts  top 
speed corresponds t o  a Yach n~rrrber a>out 1.2, D.i@ rocket is 
equipped with a telemeter to t r a n d - t  s t r a i n  gage, brs-re, anb. 
acceleration records of the w5ngs. A sanqjle record (reference 5 )  
will be shown subsequently. 

F i p r e  5 shows a fres-fall.-bomb Clutter vehicle. F i r s t  success- 
ful telemetered f lu t t e r  record.8 were obtained with t h i s  type of 
vehicle, The bombs have been released a t  various a l t i t udes  up t o  
35,000 fee t ,  and are  accelerated by gravitry t o  a t t a in  a Mach number 
from about 1.0 t o  1.3. A sample record is  given i n  another f i p e .  

Figurs 6 share the f i r s t  teleaetered record obtained from a 
low+cceleration rocket t e s t .  This part icular  rocket carried 
two 45' aweptback wings a s  shown i n  figure 4. 'F lu t te r  occurred a t  , 

a Mach number of 0.67 i n  a symnetrical mode. In  q i t e  of la rge  
f l u t t e r  amylitude~, however, one wing appmentl-J did not break off. 
It may 5e of in te res t  t o  mention tha t  the r a t f o  of f l u t t e r  
frequency t o  the wing torsional frocuency vas 0.55. 

Figure 7 shows a telemetered record froa a free-fall bomb 
vehicle carrying two 45O sweptback w i r q s .  (see reference 6. ) 
Bending and torsion s t r a i n  on one nlng and torsion on the other 
axe recorded.   our channels were used i n  t h i s  case; It is  
expected t o  employ additional channels i n  some l e t e r  t e s t s . )  This 
f lu t te r  occurred at M = 0.92, one wing fa i l ed  a t  once, the  other 
f lu t t e red  f o r  mother  second or  so subseq~rent t o  the f i r s t  wing 
f a i l u r e  before it too fai led.  The f l u t t e r  frequency was 0.38 tha t  
of wing torsion. . 

A composite p lo t  i s  shown i n  f i g w e  8 of some of the windd,~unnel, 
bomb, and rocket data f o r  unswept uniform rectm&uler wings of 
varioue aspect r a t i o s  or ra ther  semispan--chord r a t i o s  l /c . The 
abscissa is  the Mach numbel- and the ordinate i e  the r a t i o  of f l u t t e r  
speed measured t o  f l u t t e r  speed calculated on the basis  of t w o -  
dimensional incompressible-flow consfderations. The data shcwn are  f o r  
wings of several different mass ra t ios ,  e l a s t i c  axas, and c e n t e r  
of-gPavity locations. The full c q e  represent a theoret ical  (two- 
dimensional) calculations fo r  mass r e t i o  & = 50 and center of 
gravity and e l a s t i c  axes a t  45 percont chord. The ef fec t  of Mach 
number and of variation of the senispan-chord r a t i o  2/c i s  indicated 
by the data. For l /c from 3 t o  6 there i s  only a small effect, 
while fo r  1 I. 1 there is  a f a i r l y  s i g ~ i f  icant r i s e .  

C 



It wl l l 'be  recalled that extrapolations from theoret ical  
considerations based on subsonic and surersonlc l inearized theory 
indicated thtit , f o r  center+?-gravity lccat  ions f omard of the 
midchord, the desjgn cr j . t i ca l  range i s  the n e w  sonic speed range. m 
(It was a lso  shown tha t  the par t icular  m t i t y  ( M f  chord 

tiloes tors icna l  frequency divided by sound speed) plays an in teres t ing  
ro le  a s  a basic nondimer,sional paranetor, around which it appems 
tha t  convenient empirical. ru ies  can be develo~ed. ) 

Ln geneml the data of f.igure 8 indicake t h a t  the transonic 
range may 'oe the  de terdning  fac tor  i n  deciding the s t i f fness  a s  
f a r  a s  wfng f l u t t e r  is  concerned. Other data w i l l  be published i n  
various ITACA papers. 

F i p r e  9 i s  a p lo t  against thch number of the e f fec t  on the  
f l u t t e r  speed ~f ro ta t ing  a uniform ( 4 inch ;: 4 inch) cantilever 
wing i n  t.he. wind tunnel, the mopback being changed by ro ta t ing  
the modei mount. The problem of swoep brlngs in to  the f l u t t e r  
analysis several new problems which have thuo f a r  been only l igh t ly  
touched upon by seveyal wo~lcers. 'Elus, there  i s  the problem of 
the modes of vibration, i n  per t icular  f o r  a curved or  bent, Sack 
e l a s t i c  axis, involving a greater d e p e e  of c o u p l i q  between bending 
and torsion, and there is the aerodynamic coupling i n  the f in i te -  
span problem. 

It per*haps should be mentioned tha t  f o r  an in f in i t e  uniform 
yawed wing (yawed a t  an angle not near go0) twd-imensional low- 
speed considerations indicate tha t  the f l u t t e r  speed increases a s  
one over the cosine of the angle of weep. However,Che combined 
ef fec ts  of the e l a s t i c  and aerodpamic coupling, together with the 
finite-span problem, apparently r e su l t  in  no such favora5le increase. . 
lk general it apyems tha t  up t o  30° sweep there i s  only a very 
emall increase i n  the f l u t t e r  speed. 

The roclret4ata  points ( f ig .  9 )  a re  f o r  built-in 43' swept wings 
(of length 27 inches along the leading edge and chord 12 inches 
normal t o  the leading edge), Tho f r ee - fa l l -boml? ta  points a re  
for  a wing of dimensions 28 inches along the leading edge and 
8 inches normal t o  leading edge. It may be seen thet .for 45O an&e 
of sweep the wind-tunnel, rocket, and bomb data w e  in  f a i r  
agreement. 

Sme ef fec ts  have been found t o  be due t o  the manner i n  which 
the root was b u i l t  i n  or tha t i p  cut off;  a l so  models ,with large 
length t o  chord r a t i o  tend t o  introduce higher mode ef fec ts  leading 
t o  e r r a t i c  sweep ef fec ts  f o r  low angles of sweep as i n  t h i s  figure.  



Figure 10 shows some effectd of .swekp for models which had t h e  
same section pa ra l l s l  t o  the airstream (sheared back) and the same 
span nonnal t o  the airstream; tha t  i s  the aspect r a t i o  was kept 

. cons-tent. The lows? curve gives the measured toysional frequency 
as  a Pmction of the swoep angle, Dimsnsional considerations 
indicate tha t  t h i s  f'requency should be constant (except f o r  t i p  
and root e f fec ts  ) f o r  the sheared-back uniform wing end the data 
bear t h i s  out. 

The f l u t t e r  speed also anpears t o  be re la t ive ly  constant, 
though there 15 appreciable sca t te r .  The data thua indicate that 
the f l u t t a r  speed of a swepbback homogone~us wine (shaared back i n  
the manner described) is  a3out the sane a s  t!le wlr@ without sweep* - 

The Each number a t  f l u t t e r  and the  f l u t t e r  frequency f o r  the t e s t  
point3 8:s a lso  s h m  i n  tho f t g ~ w e .  

. - 
Ff *-f:~cr 7 - i  g!.::ee rme  remits of an investigation on the 

effect  of c>nc?rixratel 7 ~ d ~ < o , t 3  on the f l u t t e r  of a cantilever wing. 
The.investlgation inrludes 3irqle  and m l t i p l e  wei&ts, and the IilaSS 

and i t s  pl~rnen.:s of insrt,!a zra varied, a s  tteU. a s  the spanwise and 
cordi~isa P O S ~ ~ ~ O ~ S  iL: cr>:~~r ;~~ct ion  with unifomt, tapered and swept- 
back vlr~gs. 2113 f j sL:: e ir;, however, f o r  a unif om unmept cant i lever  

= 6) and f sr a sing7.e woight 93 percent of wfng %eight (reference 7). 
(The m ~ s  of the wei&",as consfmt f o r  these t e s t s  but the polar  
momnt cf 'Iilertia about the e l a s t i c  axis of the wing varied with the 
ckiordwiao location. ) The abscissa of the chart i s  the location of 
the weight along the span.. The ordinate is the f l u t t e r  s2eed 
measured with the weight on divided by the f l u t t e r  speed without 
the weight (wing done) . .  Each curve is  drawn f o r  a single chordwise 
location of the weight; the center of gravity location of the 
vetght i s  sketched i n  the figure. 

.'1t is noted tha t  the re-rd location of the wei&ht lowered 
the f l u t t e r  speed whlle the forward location raised the f l u t t e r  
opeed,   here i s  a small decrease fo r  the near inboard positions 

' i n  a l l  cases.) For the moat forward chordwise location there was a - 
r m g s  of span positions at which no f l u t t e r  occurred below the 

% . divergence spaed of the  wing. Hawever,'vith, the weight; a t  a t i p  
location i n  t h i s  case a higher-frequency type f l u t t e r  did occur. 
This e f fec t  probably de~ends  on the zero airspeed frequency 

I spectrum and hence i s  probably different a s  the aspect r a t i o  of 
a given wing is changed. 

The t e s t  data i n  t h i s  single chost corresponds t o  well over 
100 f l u t t e r  t e a t s  tdsen a t  Mach numbere around, 0.3 t o  0.4. A 
similar ser ies  of t e s t s  fo r  the weight location near the wing 



center of gravity has been run for Mach numbers up to 0.7 and showed 
the same trends as indicated in the figure. 

Theoretfcal calculations for the flutter speed have been made 
for the case in which the chordwise location of the weight is near 

. the elastic axis. The uncoupled modes wera used in thase calculations, 
and theory compared well with tha experimental results. For weight 
locations far from the elastic axi4howeveq higher modes or coupled 
modes m e  probably required. An extensfon of the treatment of 
Goland and Luke (reference 8) for the work is being examined. Results 
of these calculations are not yet available. 

1 The quantitative correlation of theory and experiment is t h o  
goal of this study. Those data provide an op~ortunity for such a 
quantitative check and should prove useful in evaluating the degee 
of refinements necessary in botb the ele,stic and aerodynamic parts 
of the theory in order to keep each in step with the other. 

A selection of results obtained at the Langley Laboratory w e  
presented here. bw thin@ have been left unsaid and m y  more 
things have been left undone. Various recent aircraft company 
reports on aeroelastic problems exist to which specific reference 
here is not feasible. It is hoped that information may be obtained 
at high-speed conditions for'the mixed subsonic-eupersonic t3rpes 
of flow (for instance, on the effects of thick and thin sections, 
of rounded and d ~ u p  leading edges) to examine p~soible nonstationary 
effects of detached and attached strong shocks. Also measurements of 
a e r o ~ ~ c  derivatives in the near sonic and supersonic speed ranges 
requlre exacting experimental techniques and criticel tests. 

- 

This talk has been only of potential flow or classicsl flutter. 
It is also desirable to examino the separated flow types of insta- 
bility which particularly at high speeds may be due to a variety of 
causes. These instabilities may be associated with wide movements 
of the center of 2ressure and with regular breakaway and reattachment 
of the flow. In addition there is the interaction of the aerodynmic 
and elastic forces in the class of stability problems involving 
control effectiveness and control reversal. The whole field of 
aeroelasticity is pretty wide open and remains a challenging field 
of inquiry. 
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Figure 1. - Flutter -tunnel models. 

Flgure 2.- Swept wing mounted as cantilever in'flutter tunnel. 



LEAD - WEIGHT 

Figure 3. - High-speed-rocket flutter vehicle. 
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Figure 6. - Rocket telemeter record. 

TIME AFTER RELEASE -SECONDS 

TORSION - WING I 

BENDING- WING I 

. LONGITUDINAL ACCELEROMETER 

Figure 7.- Bomb telemeter record. - 
~~7 : ' A ,  
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Flgure 8. - Wing bending-torsion flutter. 
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Figure 9.- Effect of sweep for rotated cantilever wing. 
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Figure 10.- Effect of sweep for sheared-back models. 
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Figure 11. - Concentrated weights. 
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TRANSONIC ll%VrmESi OF CONTROL SURFACES 
c - ,  

By Albert L, Erkkson 

Ames Aeronautical L t b o r a t ~ r y  
, 

. . . Tne one-degre~f-Freedom type of transonic f l u t t e r  is a new 
. f l u t t e r  pro5!.em encountered i n  the transonic range i n  addition t o  the 

c lass ica l  or two-or -mor~e~eea-of - f reedom problem It is intended 
' i n  t h i s  pape;. to discuss only the one-degremf-freedom case. This 

m e  of f l u t t e r  r e su l t s  from some form of t i m e  delay. This time delay 
has been explained as being caused by ceparetion resu l t ing  from the 
shock f ron t  across the wing .  31 the case of aeparatZon, f l u t t e r  can 
be explained as being due t o  the periodic breaaway and reattachment of 
the flow about the a i r fo i l ,  an effect  similar t o  t h a t  which can be 
obtained et low speed on s t a l l ed  a i r f o i l s  due to,high angle of a t tack  
or  excessive t h i c b e s s .  It has a lso  been considered, however, t h a t  due 
t o  the high ve loc i t ies  over the a i r f o i l ,  chene;ss i n  the hinge mcment 
could be retarded dur:ng f l u t t e r  eo tha t  an unstable condition might 

. ex i s t  evlen'ufthmt s e ~ a r a t e d  flow, O f  course, i n  the actual  case 
separation ~ e n e r a l l y  does occur; and it has been found t h a t  a s  separa- 
tfon becomes more severe the f l u t t e r  besoms lees  violent i p  tha t  the 
amplitude dccrsases. It should be m t e d  t h a t  the ondegree-of -bedom 

, .  t n e  of f l u t t e r  cannot be prevented by any of the standard f l u t t e r  
prevention mthods which involve the v~coupllng of mechanical movements. 
I f  the f l u t t e r  i s  due t o  a time delay which does not necessaxily Involve 
eeperatione, elimination of the aerodynamic forco does nct  appear t o  be 
very feanible. Therefore, the aolution of f irst  importance involves 
the determining of the f l u t t e r  frequency t o  be expected with any given 
system. 

' 
By use of the available experimental data, an empirical solution 

has been developed which appears t o  have suf f ic ien t  merit t o  be of 
prac t ica l  use. The problem imolved has been s e t  up in i t s  simplest 
form and is shown in  these first equations ( f ie .  1). The first equa- 
t ion  is the simple one-degree-of-freedom equ&tion with all the mechan- 
i c a l  forces on the l e f t  s ide and the aerodynamic force shown as  a 
single resu l tan t  an the r igh t  side. The solution of the eqv.ation used 

, .  W e s  it necessary to determine the f l u t t e r  frequencx, a phase angle, 
azid7thenagnitude of the hinge moment. llith this eq~zation the condi- 

I .  

t ions fo r  in s t ab i l i t y  can be easlly shown. In order t~ determine the 
f l e e r  frequency some meamre of the time l ag  is necessary. The basic  
parameter selected.for indicating the time l ag  has been cal led the 
aerodynamic frequency and i s  based on the distance from the wing t r a i l i n g  

. .. "edge tb the ppessure pin-t; and on an assumed average velocity 
dts t r ibut ion a f t e r  the shock which goes from QJ-ightly below a Mach ,- 4 . 
f q b d P  of 1 t o  f i e b s t r e a 5 ' v 8 l o c t y  a t  the t r a i l i n g  edge. . The equation 
then takes this form (fig. 1) with t he  constant K experimentally deter- 
mined. The parameter d on the bas is  t h a t  impulses or  ch8nges - . . 



st the t r a i l ? %  edge could not ge t  through the shock f'ront outside of 
the boundary leyer; t h i s  assumption i s  su'batantiated. by steady-state 
r e s u l t s  which show tha t  deflection8 o h  control have l i t t l e  e f fec t  on 
the flow i n  front  of a shock w~ve. Therefore, the parmeter  appears to 
be a reasordble one i n  d.eteldnilq time lags.  The type of amlys ia  used 
aewmes t h a t  t5e actual phase an&e 1rm2.d be a d i r ec t  ftlnction of the 
difference betweon the aerodynanic period and tlie f l u t t e r  period which 
is the  bas is  of t h i s  ayproxlmte phasexmgle equation. The c o n s c a t  in 
the aerodylla min  f'requancy parameter was'determined f o r  the most par t  
from the r e e ~ r l t s  of on2 t e s t  end then checked agelnst a l l  ot:ier available 
data. In tho basic t e s t  the phase w 1 e  f o r  several c ~ n d i t i o n s  of 
f l u t t e r  w a s  determined by use of a shadowpa7h system of visualizing 
shock and ai leron motion. Figure-2 shows the t3pe of shock pictures  
obtained. It was possible by analyzing a large number of these pictures  
t o  obtain the phase relationships a s  shown i n  f igure 3. It was then 
asmxned that ,  lrutsmuch a s  the time delays of presswe propagations 
wo-lld be greatest  i n  moviq from the t r a i l i w  edge t o  the shock end 
much l e s s  when m~-irg from the shock t o  the t r a i l i n g  edge, the phase 
relat ionship of the shock motion as shosn must be an indication of .the 
phase relationsh-lp of the hinge moment on the ai!.eron. It was t l i i a  
t n e  of info:-~nation, obtained from a se r i e s  of t e s t s  ( table  I), t h a t  was 
used ,actuall:r t o  check the p h a s e e  equation. By uoe of the computcd 
phase angle aEd the h m  mechan-tcah parameters it was f o n d  tha t  the 
4-c resu l tan t  hi~B-rn0men.t slope was the Eeme a s  the s t a t i c  hinge- 
moment elope. Therefore, the magnitude of the llynamlc hinge moment can 
be estimated from s t a t i c  data u n t i l  more exact solutions a re  obtained. 
These r e su l t s  a l so  show *hat increasing the separation cacses a decreased 
f l u t t e r  amplitude a s  was previously mentioned. 

The equations developed have been checked f o r  general correctness 
as t o  predicting f l u t t e r  frequencies on s ix  different  models a s  ~hown In 
table  II. X t  i s  believed t h a t  the wide range of frequencies involved 
makes the,check quite re l iab le .  It is interest ing t o  note t h a t  the w i n g  
w i t h  the NACA 0012-64 section had in terna l  a e r o d p m i c  balance and t h i s  
balance was very effect ive i n  helping t o  prevent f l u t t e r ,  it beirq 
necessary t o  go t o  a Mach number of 0.875 t o  ge t  any indication of 
f l u t t e r  a t  d.1; and even then the f l u t t e r  was not of a dangerous nature 
since a very small amount of dampiq svch as might be i n  an ordinary 
control systera would have stopped the f l u t t e r .  (see tab le  11. ) The 
L-ey Laboratory obtained the f l u t t e r  of the control-surface type on 
the sweptback wing during rocket+ropelled t e s t s .  Fi,gure 4 shows the 
t ~ p e  wing and a i r f o i l  secticns involved., The aerodynamic frequency was  
computed by use of the a i r f o i l  normal t o  the leading edge. The f l u t t e r  
range t o  be expected, as shown i n  tab le  11, was found t o  be from 73 t o  
109 cycles per second. The actual  t e s t  reoul t s  shown i n  f igure 3 show 
that the f l u t t e r  range was from about 90 t o  115 cycle8 per second., It 
ie not 'believed t h a t  t M s  one t e s t  i e  suf f ic ien t  evidence t o  warrant ,the 
general uee of the equatione for sweptback-wing analysis, a l thowh it 



i s  important t o  note tha t  the sweephack merely delays the dnset of 
f l u t t e r  t o  Mach nrrmbers above 1 i n  this case. 

In order t o  e ~ l o r e  and t o  unde~stend m-ther  the on&egremf- 
Freedom transonic f l u t t e r ,  instantaneous prescurs cells wcre ins t a l l ed  
on a t e s t  wlng and the pressures were measurod a t  several f l u t t e r  
frequencies. Figure 6 shmw the type of pressure record obtained. The 
riotations on the l>ecorfis indicate tile posit ion of the c e l l  i n  percent 
chord and ~rhether it is top ois bottom surfa,ce. .4n o i l  damper was inserted 
i n  the system t o  control the amplitude, the damp?% force being measured 
by a strain gage. One c e l l  shows a square-wave effect.  It was found 
upon investigation tha t  the shock wave passes over t h i s  c e l l  and r e s u l t s  
in the very sharp changes. From these records, pressure-distribution 
changes at various points throug11 the cycle were plot ted as shown in 
f igure 7. By following t h e m  records through a cycle i t - i s  possible to 
see the propagat5on of the pressure waves with' time. The dotted l i n e s  
Indicate the lower surface and the sc l id  l ines , the uTper. By use of . 
the pa r t  of. these p lo ts  over the ai leron it was possible t o  integrate  
and t o  determine the instantaneous hinge moments due t o  .the upper surface 
and the lower surface fndepenciently along with 5he resul tant  hinge 
moment a s  i s  &ofm in f i b 0  8. This figure shows the instantaneous 
aileron angle plot ted against  the  instautmeous h i m e  moment, the time 
lag causing the hp-teresis effect. The area of t h i s  f igure i s  a mea.sure 
of the energy expended in ove2-coxing the nechanical forces; The @?eater 
the t i n e  lag, the more open the figure becomes. It m y  be seen t h a t  
mbsonic flow is probably induced on the lower surface as the ai leron 
goea down, t h a t  the l ag  effect  disappears, and t h a t  no work i s  done. 
The upper surface shows a slmflar effect i n  tha t  the energy loop becomes 
l e s s  open when the aAleron is i n  the upper position. Other curves of 
thls same nature have actual ly  shown t h a t  a t  t h s  lower Mach numbere o r  
at  lower angles of attack a cer tain amount of damping due t o  the lower 
muface occurs i n  this region. By using tha maximum amplitudee measured 
and by se t t ing  the areas of these loops equal t o  the a rea  of the e l l i p se  
t h a t  would do the same amount of work, the phase angles noted are  
determined. It is  interest ing t o  note t h a t  when the upper and lower 
surfaces a re  combined in to  the total hinge moment the r e s u l t  is a f a i r l y  
uniform figure approaching closely the pure e l l i p t i c  form. In the f i n a l  
p lo t  the ai leron motion and t o t a l  hinge moment a re  ?lot ted as a function 

r. i 
of t ime.to show the re la t ive  purity of the wave ~hapes.  Generally 
speaking, it has been found'that the relationships n w e s t e d  by the 
empirical solution a re  in reasonable agreement with the r e s u l t s  of the 
pressure tes t s .  It has been indicated, however, t h a t  the actual  lower- 
f l u t t e r  frequency may be ~ l l i g h t l y  l e s s  than that predicted by the 
praeent solution, although the exact lower limit is  d i f f i c u l t  t o  dete- 
mine. 

i J  In conclurrion it can be.said t&t ah empirical method has.been 
developed that can be used t o  predlct  the f lu t te r f requency r a e ,  and 

0 



by knowing the mechanical chmacter i s t ics  of the controx and the s t a t i c  
hinge-moments the poss ib i l i ty  of f l u t t e r  ccc~rrrZng can bs computed, 
Furthermore, there i s  as  yet  no Indication tha t  a i r fo i l  section can i n  
i t s e l f  have any ef'fect i n  preventing f l u t t e r  except tha t  it should 
control the possible f lu t te~f ' requoncy range. It i s  a lso  evidant that 
inasmuch as a t a t i c  h i w e  momenta are a mcaaure of the dynamic hinge 
hments,  internal aerodynamic baJ-ance can be euff ic ient  t o  prevent a 
serious one-degree-of-freedom f l u t t e r  problem. 
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TABLE. I. 

TABLE 11 

SUMMARY OF FLUTTER RESULTS 

A C T U A L  
F L U T T E R  

F R E Q U E N C '  

2 8 ,  3 2  

6 5 ,  - 2 1 3  
a z 0 . 5  

4 4 1 2  

0 0 1 2  - 6 4  
E X T E N D E D  T R A I L I N G  1 2  T O  1 8  5 . 6  T O  1 7 .  

E X T E N D E D  T  

C O M P U T E D  
F L U T T E R  

F R E Q U E N C Y  

2 4  T O  3 2  

S Y M E T R I C A L  
D O U B L E  W E D G E  

C H O R D  
I N C H E S  

5 6 

A I R F O I L  
S E C T I O N  

6 5 ,  - 2 1 3  
a = 0 . 5  

F R E E  

F I X E D  

R E L A T I V E  
R E S T R A I N T  
C O N D I T I O N  

F I X  E D  

R E S O N A N T  

6 5  - 0 1 0  
4 5 . S W E P T  W I N G  

5 6 

6  

F R E E  1 0  7 2  T O  1 0 9  9 0  T O  1 2 0  

8 

1 5  T O  2 4  

2 4 0  

1 5  T O  2 5  

2  5 0  

1 0 2  1 0 0  
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Figure 1. - Equations used in the empirical solution of transonic 
control surface flutter 





.8 - HARMONIC APPROXIMATION 
0 TEST DATA, FlRST CYCLE 
4 TEST DATA, SECOND CYCLE 

.4 W M T A ,  THIRD CYCLE 
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Figure 3.- Relative shock and aileron motion as a function of time. 
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Figure 4. - Plan form of sweptback flutter model. 
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Figure 5. - Flutter results obtained with a sweptback wing. 
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Figure 6. - Typical records obtained with instantaneous 

pressure recorders. - 
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Figure 7.- Pressure-distribution changes at various points through 
a cycle. 
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PRl7DICTION OF TEIE mODYNAl4 IC  CHARACTERISTICS 

OF WINGS OF mfTRARY PLAN FCJI~M 

By Victor I. Ste-recs 

Aaes Aeronautical Labora5oq~ 

I n  our present effor t  t o  fly i n  and through the transonic-npeed 
range we have resorted to  widely diversif ied plan f o r m .  ' Ranges of 
sweep, espect r a t io ,  and taper rp t io  a re  being considered which 
extend f e r  'oeyond those considered prac t ica l  several years ago, and 
the e f fec t  of wide variations i n  those pai-te~s on the ~ubsonic  
aerodynamic character is t ics  of wings is  a0 yet  largely unknown. 
The mult ipl ic i ty  of posaible plan form preclLide9 an inveeti&ation 
of each experimentally. A s  a result,considereblc e f f o r t  has been 
directed towslds developirq a theoret ical  method of predicting the 
loading over the wine since, once t h i s  loading has been deterained, 
not only can' s t ruc tura l  loads be estimated but values of the various 
aercx5ymmi.c-chamcteristics such a s  l i f t -curve slope, aeroa-mamic- 
center location, m d  induced drag can a l so  be found, The invest i -  
gation of several theo:%tical methods f o r  the grediction of loading 
and the applicatzon of one of these methods t o  8 wide range of plan 
forme i s  the subJect of t h i s  paper. 

The theoret ical  methods studied were those developed by Falkner, 
b;r Mutterperl, and by Weissinger. I n  each of these meth0d.s the wing 
is replaced by a diatr ibut ion of vortices.  The strength d is t r ibu-  
t i o n  of these vortices i s  fixed by the bounbry condition which 
requires that the induced veloci t ies  of these vortices produce no 
flow through the plane of the wing. The difference among the method6 
lie's i n  differences i n  physical location of the vortices,  i n  the 
disposit ion of the control points where the boundary condition 1s- 
applied, and i n  the reathematical manipulation. F i w e  1 compares 
the layout of vortices end control points f o r  the msthods. Falkner 
replaced the wlng with a dis t r ibut ion of f i n i t e  horseshoe vortices,  
both spanwise and chordnlse. He likewise dis t r ibuted the control 
points both spanwise and chordwlse, hence h i s  method is c lass i f ied  
as a lift ing-eurface method. A s  a resu l t  of his work Falkner has 
recommsnded a particular vortex and ccmtrol point diatr ibut ion which 
was followed i n  our studieo. I n  contrast t o  the Falkner l i f t i n g -  
surface method, both the Weissinger and the Nutterperl methods a re  
l i f t i ng - l ine  methods; that is, the loading 13 concentrated on the 
q~mrter-chord l ine ,  and the control points a re  distri'outea along the 
three-quarter-chord l ine ,  The Weissinger and Mutterperl methods 
d i f f e r  i n  the spanwise location of the control points and i n  the 
mathematical development. 



Van Dorn and DeYoung have examined each of these method8 fo r  
accuracy and ease of a ~ p l i c a t i o n  (reference 1 ) .  The accuracy was 
evaluated by comparing the predicted and the experimentally deter-  
mined aerodynamic charactor is t ics  of f ive winge having sweep angles 
ranging from -45O t o  45O. By keeping an account, of the time required, 
each method was a l so  evaluated with r e e r O  t o  ee.se of application. 
The resu l t s  of t h i s  study are  shown i n  f igure  1. From a comparison 
of the predicted and experimental values of ep~nwise loading, l i f t -  
cume slope, ' a d  spmwi se center of pressure, the Falkner method 
wns judged t o  be veqy trccurate and the Weissinger method only 
s l ight ly  lees  accurate. The Mutterperl method, whl l e  predicting 
with moderate accuracy the character is t ics  of the sweptback wings, 
did not give accuracy conrparnble to-other methods i n  the case of 
the m e p t f o m r d  wings. The time required per  solution was  l ea s t  
f o r  the Weissinger method (3  hr). I n  contrast 28 hours wes required 
per solution f o r  the Mutterperlmethod and 30 hours f o r  the F a l h e r  
method. 

On the basis  of these resu l t s  it was concluded that f o r  a 
detailed stukv of ,a glqren plan form, where a high degree of ~ccurncy  
was desired ~ n d  whe~e ease of a.pplication assuaed l e s se r  jmportance, 
the Fallney method was best .  However, f o r  a general study of a 
variety of plan forms the Weissingel method ~ppeared  best  sui ted 
since good accuracy could be had a t  a 90 percent awing  i n  conguting 
time. 

kccordingly we have u t i l i zed  the Weissingar method t o  invest1 - 
gate the loading and a s a o c i ~ t e d  aerodynainic character is t ics  of a wide 
ranae of g3.m forns. Figure 2 pictures the & w e  covered but does 
not indicate the number of plen f o m  considered. Actually the 
characteristics of about 200 w-lngs were calculated, The general 
range of variables included sweep from 45O f o m r d  t o  600 back, 
aspect r a t io s  from 1.5 t o  8.0,and taper -:atios from 0 t o  1.,5, The 
s t ruc tura l  f eas ib i l i t y  of the varioue shapes m s  used a s  a rough 
guide i n  selecting the l imlting values of the geometric parameters. 

The resu l t s  of t h i s  investigetion are  found i n  reference 2 .  
Charts presented i n  t h i s  reference allow e. rapid rtnd sirnple Ceter- 
mination of the nost i lqortant  ae rod~nar i c  c h a ~ c t s r i s t i c s  of any 
wing haying a plan form fal l ing within the rsxlge of t h i s  study, 
Aerodynamic character is t ics  which c8n 7?e i-ead d i rec t ly  from these 
charts include the span-loading coeff ic ients ,  s~anwise center of 
pressure, l i f t -curve slope, and a .erodyne~c  center. These ps.rameters 
a re  given a s  a function of sweep f o r  families of sspect rcttio and 
f o r  'various taper ra t ios .  Sufficient values of aspect r a t i o  and 
tapor r a t i o  were chosen t o  allow rapid and accurate interpelation. 



Sample charbe taken from reference 2 a re  shown i n  figure 3. For 
the sake of c l a r i t y  i n  t h i s  presentation, the data sho~m have been 
limited t o  one taper r a t io ,  t o  a few a s ~ e c t  r a t io s ,  and,in the case 
of spanwise loading, t o  one spenwiee s ta t ion .  In the reference paper, of 
course, d a t a  a r e  given f o r  a complefe r a n ~ e  of these geometric 
parameters. The simplicity of obtaining the desired charrrcteristics 
is obvioua. The chart shming the charecter is t ics  is entered a t  the 
proper value of sweep of the quarter-cho;;"d l ine  end the desired 
value of the character is t ics  obtained d i rec t ly .  In this Tanner it 
is possible t o  obtain the win,ploading coefficient a t  four spanwise 
s tat ions,  the l if t-curve slope, the spanwise center of pressure, snd 
the eerodyhamlc center. AerodpLmic charac ter i s t ics  obtained from 
these charts have been correlated with experimental results,and i n  
general the agreement i s  good. S t r i c t l y  epealcing, the method appl ies  
only a t  ze?o l i f t .  However since the aerodynernic charec ter i s t ics  
axe i n  general l i nea r  up t o  angles of a t t ~ c l c  where s e p a ~ t i o n  
occurs, the theoretically predicted c b r a c t e i i s t i c s  can be used with 
good accuracy up t o  t h i s  point. Specific correlations of lift- 
curve slope and aerodynamic center mensured a t  ze-?o l i f t  w i l l  'l?e 
discussed l a t e r .  - 

Most of the qual i ta t ive effecte  of weep and tape? r a t i o  on - 

span loading a re  not new and hence V i l l  not be discussed i n  t h i s  
paper. However, m e  of the most interest ing i ~ s u l t s  of t h i s  invest i -  
gation showed t h a t ,  f o r  each angle of sweep there i a  a taper r a t i o  
f o r  which aspect r a t i o  has l i t t l e  effect on the s p m  loading and 
f o r  which the span loading i s  pract ical ly  elliptic3.1. This relat ion-  
ship is shown i n  figure 4, A s  the wine is swept forward more inverse 

' , taper  i s  required, and a s  the wing is swept back more of the usual 
type of taper i a  requiredo Because of the e l l i p t i c  loading, minimum 
induced dmg and maximum l i f t -curve slope 8.m obtained for wings .on 
t h i s  l ine.  For plan forme f a l l i h g  on t h i s  l i ne ,  aspect r a t i o  had no 
e f fec t  on the loading. For pl8.n forme above the l ine ,  loading moves 
outboard with inc~eas ing  aspect rrrtio,and, convei-ssly, f o r  plen 
forme below the line,loading moves inboard with increasing aspect 
r a t io .  

. Tyo of the characteristic8 f o u r d d i r e c t l y  from the Weissinger 
method, l i f t -curve slope and aerodynamic center,  a re  of par t icu lar  
value because of t h e i r  irrrportcnce i n  longitudinal s t a b i l i t y  e m l y s i s  
and design. Since they are  so important the accuracy with which the 
Weissinger method predicts these the.-mcteristica end the e f f ec t s  of 
plan form on these character is t ics  as  predicted by the Weissinger 
method should be examined. 



I n  figw'e 3 the theoret ical  and expeillmental ia lues  of lift- 
curve slope are  c o r r e h t e h  fo r  z nimber or" random p l a n  formo . Where 
suff ic ient  c leannce  between points existed, the ving plan forms 
heave been superimposed. Included i n  th ie  col-rele.tIon ?re t r iangular  
wings, highly sweptbaclc wing ,  sweptfomrd wings, and wings wlth - 

inverse tcper.  Most of the eqerimental  b t a  rnre 'taken from refer- 
ence 3 e n d  the --mi nder from other American payers. Devlatlon from 
the 45O l ine  indicates the e c o r  of co:relaflon. On the aveyage, 
t h i s  deviation ici less thm j percant. Although not shown herein, 
we have a l so  corrrpared the l i f t -curve slopes of ~mswept wir,gs a s  
estimated by the Weissinger method rnd by the method employing the 
nodified Jones ' edge-velocity correction, and the P greement i s  
nearly perfect.  - 

A similar coiTela.:ion f o -  nerodynamlc cente-.- is  given i n  
figure 6. E-rperi~ent end theory .do not ahoy a s  goo,d a&-:eeiner,t f o r  
t h i s  parameter a s  f o r  the l i f t -curve slope. The;-e is no c lear  
sys t emt ic  variation i n  the c o r n l a t i o n  with plan fom,end mst of 
the discrepm~cies i n  c o r e l a t i o n  are of the order of the accup-cy 
with which the aerodywnic cente;. usually con 7?e determined Iy exyeri- 
merit. I n  any evont, f o r  75 percent of the plan foilcs the di~crepancy 
Is leas  than 2 >ercent of the M .A .C . ; which discrepency i s  sr i l l  
compared t o  the e f fec ts  of p h  fo-rm. It i s  OUT bel ief  that the 
Weissinger method glves both l i f t -curve slope and aerodyrarnic center 
with sufficient acctl;.lacy f o r  use i n  p~el iminary design studies.  

Sample charts of l i f t -curve slope a re  shown in  figure 7 .  L i f t -  
cume elope i s  given a s  a function of sweep fo r  taper  rp t ios  of 0, 
0.5, and 1.5 and f o r ~ . s p e c t  ra t io8 of 1.5, 3.5) e, ana =. Me~y of 
the curves b.ve again been omitted f o r  c l a r i ty .  The curve f o r  
in f ln f t e  aspect r a t i o  i n  each case is obteined from sirnple sweep 
theorg and. hence is a cosine c w i ~ e .  Note that i n  eech case the 
e f fec t  of aspect m t i o  falls off with incl-ease i n  sweep. Also note 
tha t  f o r  low aspect ra t ios ,  small angles of sweeg huve l i t t l e  e f fec t  
on l i f t - c u n e  slope. A s  the wing appToaches e rnoro pointed pb-n 
form,the l i f t -curve slope increases on swept'oac!~ wings and decreases 
on sweptfo;.wa.:rd wings,  hi l e  inverse taper  reduces l l f  t -cl~rve slope 
on m p t b a c k  wings and increases it on sweptfomrd wlngs. On highly 
swept wings th ie  effect i s  of such mgnitu6e th t  tape- m t i o  exerts  
aa great en influence on l i f t -curve slope cs does aspect m t i o .  Thus 
i n  a q  theoret ical  ~ p p ~ o a c h  the inport~.nce of including the e f f ec t s  
of taper  m t i o  i o  obvious. 

Figure e presents sarrple charts of the aer-.mic center which 
is a lao  plotted a s  a function of sweeg f o r  taper r-atios of 0, 0.5, 
and 1.5 and f o r  aspect ~ t i o s  of 1.5, 3.5, and p.0, For the plan 
f o r m  investigated, the ne-odynamic-center locnticln wnged from a.s 



far  forward a s  15 percent of the M.A.C. t o  a s  f a r  back a s  40 percent 
of the M.A .C . I n  contraet , the aerodpamic center on unswept wings 
i s  eeldom more than 2 o r  3 percent of the M.A.C. from the 25 percent 
M.A .C . point. On highly tapered wings sweepback moves the aerody- 
namic center reamrard and sweepforward wves  it f 'omrd.  A s  taper  i s  
decreased, the trend is reversed so that, an wings havlng inverse 
taper,  sweepback moves the aerodynamic oenter forward while sweep- 
forward moves the eerodymmic center back. The magnitude of t h i s  
movement i n  each case is generally increased by increase i n  aspect 
r a t io ,  

As e ts ted  ea r l i e r ,  l i f t -curve slope and aerodynamic-center 
location a r e  important in longi tudiml  e t a b i l i t y  analyeis. That the 
Weissinger method can predlct  values of these chP.racteristics with 
euff ic ient  accuracy f o r  preliminary-design haa been shown. One other 
parameter must however be evaluated t o  complete the l.ongitudlna1 
e t a b i l i t y  a n a l p i s ,  and t h a t  pammeter is the downwash i n  the loca- 
t i o n  of the- tail. The Weissinger method can readily be extended t o  
compute downwash i n  the plane of the vortex sheet. We are  a t  present 
evaluating the accuracy of the  do\-sh resu l t s  obtained i n  t h i s  
m e r  by checking them with experimental data. Preliminary resu l te  
of such an evaluation are  @ven i n  figure 9. The maximum d m m e h  
angles as predicted and measured i n  a vertica1,plane approximately 
30 percent of wfng semispan out from the plan of symmstry a r e  s h m  
as a function of angle of a t tack  fo r  f ive swept wings tes ted  i n  the 
Amee 40- by &-foot tunnel, For these wings: t h e o r  predicts the 
var iat ion of downksh with angle of a t tack within 20 percent of the 
msasured value. Insuff icient  comparisons have been made t o  date,  
hatever, t o  warrant generalizations as t o  the accuracy of t h i s  method 
fo r  a wide range of plan f o m .  I n  our pi-esent investigation we 
plan t o  establieh t h i s  accuracy, improve the method where possible, 
and then extend the method so that  downwash mey be determined a t  
pointls above and below the vortex sheet. 

A l l  the resu l t s  obtained t h r o u ~ h  use of the Weissinger method 
apply only t o  incompressible flow. Bowever, t h r o y h  e n  application 
of the Pmdt l -Glauer t  rule, it i s  possible t o  account f o r  the e f fec ts  
of compreeaibilit~l on. span-loading character is t ice  f o r  speeds below 
the c r l t i c a l  speed. The method, which has been summarized i n  some 
d e t a i l  i n  reference 4, t r a r s l a t e s  the e f fec t  of compressibility in to  
an effect ive change i n  plan form i n  addition t o  the well-known 
increase i n  section pressures. 

It i s  apparent that, if such an approech serves t o  predict  
accurately the effectg-of: cmpreesibiUty,  i t . c a n  be used in  con- 
Junction with the subJect paper t o  give a rapid estimation of the 
character is t ics  of wings throughout the Mach number range below the 



c r i t i c a l  weed. A t  each Mach nlmbey the geometry of the wing would 
simply be Oistorted i n  the proper manner and rrsw c h e r a c t e ~ i s t i c s  
obtained from the charts. Only a few random e x p e ~ i m e n t ~ l  checks ,of 
t h i s  procedure have been made, but these compaidaons he.ve indicated 
model-ately good agreement between theory end eqeTiment. It is our 
plan t o  continue t h i s  study t b  es tabl ish the accurocy of the method, 
and, if necessaly, search f o r  means of improving the accu;-e.cy. 
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Figui.e 3.- Sample charts of data obtained by Weissinger method. 
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. . By Charles J. Donlea 

Lengley Memorial Aeronautical Laboratory 
. . . ' 

The purpose of t h i s  paper is t o  iocua nftention on s m  recent 
inmatigations that  have been cohoerrled wlth longitud-d s tab i l i ty  
problew both a t  hi& speed0 and at low speeds and. t o  s-ize briefly 
the current s tate of &fairs in regard t o  them problems. 

Stat ic  Stabil i ty and Control 
< .  

Recent invest ipat ions .- A number of longitudind s tab i l i ty  
imestigationa of various a l q l e e  conf?iguratiom have been conducted 
a t  hi@ suhsonic Mach nunibera In the  Ccmmitteegs M-peed wind tlmne 
.d st transonic Mach ntrmbers up t o  1.2 u t i l i z i n g  the WLCA wbg-flow 
method and the associated wind;t,un~ml trsnaonic-brrmp techniqua. The86 
imestlgaticwr an, contained in references 1 t o  15, and s m  of the 
c ~ i g u r a t i o n s  inves$igated together wlth the Mach number ran* f o r  
which data are available are sunmaxized in figure 1. 

For the t a i l l e s s  conf'iguration (a), Langley high-speed 7- by 
l+foot tunnel data fo r  a sting supported model and fo r  a e e m i s p ~  . 
model exist  up t o  a Mach number of 0.95, and wing-flov data are 
available up t o  a Mach nmiber of 1.20. The three eets of data s+e 
in  general qudf ta t ive  agmement, although the Wnersase i n  the l i f t -  

.curve slope with Maoh nmber was somwhat more rapid fo r  the sting- 
supported tunnel model than for  the semispan tunnel model and eemiapan 
win&-flcrw model. 

. - C & q f l v t i c m  (b). ww immetigated 6s a ~ e m i a p ~  w w f l o v  model 
a d  was also tested on a transonic bump in the Langley hi&-dpeeb 7- 
10- foot tamel. Thts modal 1% simfiar t o  the X S - 1  model for which 
Lmgley a f o o t  high-+peed tunnel data are available t o  a Mach number 
of 0.92. The agreemsnt between the data obtained by the wing-flw 
method and the transgnic4uml) method was satisfactory throughout most 
of the Mach number TarY:8. 
. .. .- _.: .. . . .  . . & , . .  .. . . - 

Mob1 (dl V L L ~  si&&"to mddli ( 3 )  except fir t h e  ewegt t a i l .  It 
also was tested as  a wing-flow model. 



Model (c)  was investigated on the transonic b q ,  model ( e )  a s  a 
semispaa model In the Amee &foot tunnel-, and mcdel ( f )  was investigated 
a s  a stiag-supported model in the  La.ngl.0~ &foot h l g w p e e d  tunnel. 

Despite the fac t  t ha t  m o d  of the resu l te  available th~zs  far are 
limited t o  re la t ive ly  few configurations, it is  interest ing t o  observe 
in the data 'certain trends 131' regard t o  the manner i n  which s t a b i l i t y  
and t r im changes with Mach nuinber are  'manifested. 

Characteristic data.- Data representative of the var iat ion of 
p i tchhg+mwnt  coefficient xith lift coefficient f o r  several Mach 
numbere-for a s t r a i a t -wing  design a m  sham in figure 2. Although 
these data apply t o  the design indfcated, similar trends i n  the data, 
f o r  other straighLwing desigm have been observed. The data a t  M = 0.6 
are typical  of the behavior before force break, and some comments 
regarding the predlcabi l i ty  of the character is t ics  In t h i s  ran@ is 
probably gertinent a t  t h i s  point. 

The important changes longitudinal s t a b i l i t y  f o r  s t ra ightwing 
designs a t  high Y!ch numbera are, of course, not indicated by formules 
based on l b a r - p e r t u r b a t i o n  t h e o q .  Such fomulaa, however, are useful 
in interpreting experhental trends a t  subcr i t ica l  k c h  numbers. In 
coaeidersti'an of the &ch number e f fec t s  an a wing a n d  t a i l  combination, 
t he  trends-indicated by the theory may be divided in to  three categories: 

I 1 )  d i rec t  changes i n  the posit ion of the wing aero-c center, 
2) changes in the damwash a t  the t a i l ,  and (3 )  disproportionate changes 
in the l if t-curve elopes of the w i n g  and t a i l  moult ing from the differ- 
ences in aspect ra t io .  For a f l a t  e l l i p t i c  wing of a.spect r a t i o  4, 
theory indicates a forward s h i f t  of the aerodynamic center of only about 
1.4 percent a t  8 Mach number of 0.8 (reference 16). Earever, forward 
ehifts of the  aerodynamic center of 5 percerrt or  more have teen obtained 

i erperimentally oa s t ra ight  wing% at high Mach numbem part icular ly 
far tho84 employFng sections having large trailing-9dge anglee. At 
t b  m e e n t  time, therefore, it appeare that the changes in wfng 
aerodynamic-center posit ion with Mach number ausb be determined experi- 
merrtally even at subcri t ical  speeds, A l imited amount of German data 
has indicated that t h i s  e f fec t  i a  minimized f o r  aiaU trailing-edge angles. 

. -.The t h e o r b e  r u m  the change in downwash chaz9ctez"istics at 
the  ta i l  and the change in the l i f t -curve .  slopes of ' the  wing and t a i l  
with Mach number, however, appear.to agree f a i r l y  well with experiment 
a t  aubcri t ical  Mach numbers (referencee 17 and 18).  These two ef fec ts  
have indicated forward s h i f t s  i n  the neutrgl point of the order of 
5 percent in some cases, A t  Mach numbers approachlrg tha t  of force 
break and a t  supercr i t ica l  Mach numbers, recourse muat be made t o  
experiment. 
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- k r b d  changes id the .variation of the'bseic w&fuBelage pitching 
m o b i t  wfth l i f t .  coefficient i s  apparent a t  a ~ a c h  number of 0.965 
and 0.931, snd the eppearence of f l a t   pots in the resultant pi tchine 
moment curve in the lower lift range 1s gomewhut cheracteriqtic f o r  t h i s  
tgpe of design at Bupercritical w e d s .  In many instances local reversals 
in slope have been encou@ered, @sticularlf f o r  different &abillzer 
and elevator sett-s. The nortpaLleliam of the pitching-momnt c w e e  
i n  thie range fo r  the different gtabflizer settings is  eignificant and 
evidences the nonlinear contribution of the  t a i l  t o  stability. Conae- 
quently, in evaluating. the &abil i ty  .characteristics of a design p08egesing 
dWfneaFitiee of th le  Mnd', it is eaeentia.1, of conrse; t o  consider 
conditloma a$ t a i l  eettings in the vicini ty of trim a t .  the p&,fo?.alar lift 
cmff icient inquestLon and d e o  the lift-coeif2cient range: over which the 

- . ~nml'inearitles extend, 1 

Similar -b ta  far a sweptback ta iUess  coxafiwation are ehown in  
f i v e  3. The data for M ' = B  0.7 a x  0.95 were obtained from Langley 
high-epeed 7- by 10-iooC tuxawl t e s t s  of a aemlspan model. The data 
for M '= 1.00 ' were obtained from w i w f l o w  .tests of' a smaller model. 
The increase6 slope of the pLtohlng-mc?nent curves a t  the higher Maoh 
numbelis is again evident. A t  M r 0.95 the control effectiveriess 
has beep coae$derably reduced and appreciable trlm changes occur, but  
th4 vicious changes ip s tab i l i ty  that are fkequently man$feeted by 
emightwiw daaigae a t  supercritical speeds are absent, . .  -- 

'h effeeot that mepback cad have ori delasng the *&ch number 
a t  which eitplfficant trim chawee and s tab i l i ty  changes are m. i feeted 
1s further i l lustrated in figure 4. The straight- d e s i s  and tho 
ta1Ueee design are t& 'configurations for which typical data have 
h e n  preeented (figs. 2 .and 3). The model with a 45O ewept w i n d  and 
t a i l  was. an .arbitrary configuratioa iaveetigated on the transonic b~nap. 
In .evaluating thb control settings required fo r  trim a t  the variow Mnch 
numberd, appromate f l ight  gland at' alt.ftu& were a e e m d  f o r  e ~ h  
c&iguration. It i e  intereating t o  note the mAnner in which the 
initial trim changes have been postponed t o  higher bbch numbers fo r  the 
ewew configuratione and in particular the extremely emal l  trim changes 
associated wfth the 45O configuration. Above the i r  risspective c r i t i c a l  
speeds, both the straight-wing design and the t a i l l e s s  configuration 

. _  wtnifeeterd Irregular h i m .  clmn@ebe-It 5s &sirable t o  keep trim cbangee 
as  Bmall as poas.ible, although the amount of trim change that  can ssfely 
be tolerated depe 8 t o  a considerable extent on the type of atabi l i ty  

aaioctaieb "th (3'. For the etraig"wiag ronfl-tlon two boundarieg 

are presented for the parameter ( a t  superc r i t i rd  skcde.  ~ h r  

l&er b& 1s associated wl& the loo&f'lat spots in the pitchi* 



. . . .  
=nt data*previouely diebuassd (fig. i). fiat spots e-.i)ded 
over a 'lift-coef'f ic ient  of h a s ,  than C). 1 and are re'latively - 

- UnlmporfAbnt fo r  the particular' f l igh t  plan employed fo r  t h i s  example, - ibaemCh- as  the minimum lift caeff ic ient  attained i s  about 0.2; The 
b-6 of the a i m  t o  -disturbaacee necessary 'to ef fec t  acceleratione 
of the arbs'r of 2 or 3 g ls  IS pmbably more nearly sesociated -with. 
a m  value between the two' botmdaried; - .  . . . .  

# .. 

l o r  the 350 swept &aim, t h i s  paranatei. i s  more precisely . 
determinable and doe'e not change appreciably up t o  a Mach number 
of 0.88, althaugti it also ~ r e a s e s . r a t h e r  rapidly a t  the higher superc 
critical Mach nuldbere. - I 

For the 450 swept canfiguratlon, change8 In  the ~ t e r  have 
been delayed until a Mach nraxiber of about 0.95 has been reached and . . I .  

then - @I$, &reams rather grrduni ir .  cyzparison iUustrataa 
. 8 

fhs need foiabmplomg a, h g s  dame of sweepback if trim and s t ab i l i t y  
chances in the tranqonlc region are t o  be minimized. 

Two factors greatly affecting the valub :of 
s 

i ~ e i ~ - O - c & t e r  Attion' anti the donnseh st the t a i l .  . 
Ths manner id, which these factor8 changed with Mach number for the, 
e t ra i&bwhg design and the 45O swept design. sre shown i n  figure 5 .  - .  

?.  . 
I .  

The large variations in t local  positio of the w -fuselage-, 

abrcdpbdo-center poel t lon denoted by - - t~il off f o r  the . c . 3 . . .= 
.stkight-&hq b e e f s  is inmsbiatalr appardnt, and this variation i a '  
reflected in the behavior of the tail-on results,  although the mepltude 
of t hb  f111ctuetiona haa bees- decreased bca e. of the increased t a i l  , 
effectiveness effected by the reduction in % a t  the tail. at the .- 

~ C L  
, strpercritical Mach numbers, 

. . . .  
r! . . .  .: .. , , , ; 9.93 .tb ,450 .Syep~.  qpmiigurptlop,; thg l d X l € F f u l e e l 0 @ - ~ ~ -  

c te positSaa"va~ied b d y " a " ' & d ~  am@Unt, anh the . inckase in ' . (1 ( t a u  on) at the higher ~ a c h  n ~ b o r  vaa 1uge1.y due t o  the .+ 

fncr6ased tall effecti+eness cawed by the reduction In downwaah slope 
at  the tail. - . . 



of the short-period lo&;udinal oecillation. 30me computatione fo r  
s few characteristic designs were made i n  order t o  observe the manner. 
in which t h i s  quantity Sleeted t h e  m c  stal j i l i ty characteristics, 
bnd the  result^ of the campuLetiow far a t a i l l e s s  design investigated am 
presented in figure 6. It is imtmifately apparent that  a l t i t u h  has 
a proMwoed effect  on the period of the oscil lat ion and t h a t  the 
period becomes shorter as  the s-ed i s  ,%,. incrsased. % The period varies 

s somewhat hgperbolfc mmmr with ( 3 M  so that  for  tho valws 

- ( b e a  t b  aq period rill ~ r e a e e  very r a p i ~ y ,  whereas 

fop Paluea of - greater than 0.15 the period w i l l  change only 

slightly. The import-ance of the frequency of the short-period oscil lat ion 
wlll probably have t o  await f l igh t  experience, inasmuch as it w i l l  depend 
t o  sam extent on the damping characterietics. It w i l l  be noted that  
while the  damping, as evaluated by the number of seconds t o  damp 

- 

t o  1/2 amplitude, depends t o  a considerable ..- . extent on altitude and speed 

it I s  Wepsndent of the pasameter - . It i e  influenced significantly, 
(2Jl. 

hmver,  by the ~ B J Z Q ~  in pitch, and fo r  a2rplanea with a t a i l  the damping 
w i l l  be mre'rapid than that  i w c a t e d  here, For a particulas design 
the ~harac te r i s t i ce  of the ahorbperiod oscillation can be rapidly 
evausted inaamuch as one needs only t o  determine the roots of the second- 
degree equation usually associated with t h i s  made of the longitudinaj 
nrotian. 

. . m- ma- 
., , , .. , Stat ic  Stability in High LUt  Range 

One of the factors-that has limited the mount of ewleepback that  
can be beneficially employed on transonic designs has been the di f f icul ty  

. . .of grqvi- satiefgctary, a t a b u t y  @. control ch~tracteristica In 
the landing condition. 

Basic win@umacteristics.-At l i f t  coefficients prior t o  that 
a t  which separated flow enems on the wine, the position of the a e r v  
dynamic conter of the wlng can be estimated fa i r ly  reliably, and 
s gaper entitled ' '~rediotion of the ,AeroQnnmic Characteristics or' Wings 

. of Witrsry - .  Plan FomW . . . by - victor . a 1. Stevens baliq with th le  subject 



has already been p r e m t e d .  The sh i f t  i n  the aemdpmlc+enter 
position that occuro a t  high l i f% coefficients is l e s s  amenable t o  
theoretical camputations, and nuusrow exprircerrtal investi-tions have 
been concerned with this effect,  Front& data e x k d  thus far it 
appears that  a ~ p e c t  ra t io  aad & e p - a P a ? 6  the two mo8t 
important factors that  Influence the type of pitchlng-mbmnt variation 
t o  be expected at the stall, The familiai. manner in which sweep angle 
and aspect r a t i o  affect the characte~ of the pitchinvament variation 
a t  the s t a l l  is illustrated in figure 7, which ie taken from reference 19. 
Combhatione of sweep and aspect ra t io  that f a l l  6b0ve the 1- on the 
figure have been found t o  y t d d  the characteris5ically unstable pitching- 
mcamxrt variation indicated. Other factors euch as  a i r f o i l  section, w i n g  
taper, Reynolds number, and 8Urf-e roughness have been found t o  
influence the lift coefficient a t  which i n s t a b i 1 i t y . i ~  first manifested, 
but the ultimate varfation a t  that  &all has st311 been found t o  be 
consistent w i t h  tbt Fpdicated on the figure. 

While figure 7 ref lects  the Wbavior of plain uings it has been 
f OW that the addition of trailing-edge f laps hss m a t e d  i n  an 
m b l e  pitc&Lng+nomat vtwiation even f o r  wing0  Zaltling in  the stable 
region on figure 7. A considerable number of investigations have 
thsrei0x-e been concerned with the bvelopaent o f  devfc~e deeignsd t o  
al leviste the t i p  sta l l ing  that is responsible f o r  this behavior 
(references 20 t o  24). 

S t a l l  control &vices.- A t  the present tims &all control devices 
have been successfully applied t o  w i n g s  with leading--8dge sweep angles 
up t o  420, S a b  of the results of 'an investiga,tion (references 20 and 21) 
covering the effect of e t 0  control devices on the p i t c h i w m e n t  
characteristics of a 420 m e m a c k  w i n g  equipped with a epl i t  f lag  are 
ahom in figure 8. This wing has an WCA + - ~ 2  section and an aepect 
r a t i o  af 4. Thia insreetigatian was conducted in the Langley 19-foot 
pressure tunnel a t  a Reynolds n-r of about 6,W,000. The basic 
wing-fuaelam c&irrstion exhibitea an unstable p i t c h i w z u e n t  variation 
a t  the s ta l l .  The addition of l ead lnvdge  f laps of the type indicated 
cmering about 60 percent of the  pan resulted in a stable break of the 
pltching+mmnt curve a t  the &al l ,  and t h i s  type of l e a d i w d g e  dsvice 
was the moat sattsfactory tested. Similar effects were also obtained 
Kfth a,leadingiedge Ellat arrangement which covered 60 percent of the 
span except fo r  a small region of instabil i ty just before C k .  This 
unstable redan was removed by the addition of a fence located a t  the 
inboard end of the slot .  This effect is oomewhat typical of fence 
behayior. If Located properly, fences, i n  general, have been found 
helpful in minimizing local unstable variations in the p i t c h i n e  
mcrmsnt curve up t o  the. max3mm l i f t  coef~ ic ien t  but do not appreciably 
af'fect the ultimate character of the p i t c w m e n t  variation a t  the -. 



Effect of fuselage.-The percent apan of leading-edge f lap  or  slat 
required t o  effect satfBfmtory pitchIng-moment behavior at the s t a l l  
depends sggewhat on the size of the f w e l e  t o  which the wing i a  
.attached and,to a lesser extent,on the position of the wing on the 
fuselage. The effect; is FllW,ratad i n  figure 9 (raference 21). The 
c0nf'ie;uratton represented by 0.575 leading-edge slot% is the 8sme wing 
configuration discweed ia figure 8 m d  the ftxzelae 1s saen 
t o  have l i t t l e  effect o n t b  character of pitching-momnt variation 
a t  the stall. When the leading-edge f lap  span was increased t o  0.72$, 
however, the wlng-fuselage combination was unstable a% the o t a l l ,  
whereaa the l&q alone still e H o i t e d  favorable chamcteristics.  Similar 
results were obtained for a h i e  snd low- azmngement. It appears 
from tuft atudiea of these configurations t h a t  the flow aver the fueelage 
delays the &all- of the center section t o  euch an extent that  initial 
separation again b e p  over the flapped portion of the wing. 

Effect of t a i l  location.- Thus far w have discussed only the 
characteristics of the basic wing-fuselage combination. The addition 
of a tail adds furt'her cornplicatione but, i n  gonerd-, it has been 
found that  &able behavior of the resultant pitching-nt at  the stall 
18 mod l ikely  t o  be achieved when the basic wing-fusela& ?itcang 
mment exhibits a ata'ole variation. The location of the tai l ,  however, 
is an import& consideration and the effect of addm a t a i l  t o  the a- , 
f~aslags configuration with 0.579 leadiagadge f laps and 0.59 tmil- 
e w  i+ps i e  ahown in ii- 10 Preference 22). 

A Btudy of these data  indicate that  the mod sat isfact  ory pitching- 
m~llrent behavior a t  the a t d l  was actuallg achieved with the l o w  t a i l  
poeition by virtue of the decreased m t e  of change of damwash asaociated 
with thls tail locatian. This low goaition was c l a w  t o  the adgo af fka 
W.IPg w&, hawever, and may be objectionable fi.om otner canoideratians. 
The more desirable midtail location possessed a loce l  region of ins tabi l i ty  
Just before C h  which waa remo~ed by the addition of a fence. 

CONCLUSIONS 

Iac recapitulaticm, the fdLlavLng rnneral izat iou can be made: 

1. The incorporation of large amounte of sweepback on both the 
wing and the horizontal ta i l  has been found t o  increase the Mach number 
at which trim chsngee and s tab i l i ty  changes are first manifested and 
t o  greatly reduce the trim changes and s tab i l i ty  changes encountered 
at eupercrltical speeds. . . 



2. Longltudbal stabilltg in the landing condition has been attained 
f o r  configurations with m c p  angles of the order of 450 u t i l i z ing  
varioue &all-control devices, but at the present time optimum arrangements 
for them deviceo must be determined experbentally. 
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INTRODUCTION 

The design of controls for  -we t wings that  f l y  a t  low speed 
has- been discussed i n  several papers 7 references 1 t o  7) . The d e s i p  
procedures s e t  f o r t h  i n  these papers a re  adequate to  allow fo r  the pre- 
dict ion of control character js t lcs  within small l i m i t s .  However, w i t h  
airplane speeds ap~roaching and sometimes exceeding the c r i t i c e l  s ~ e e d  
of the wing surface, these low-speed character1s:ics ere  drsstically 
chenged. This paper w i l l  use the r e su l t s  of abcut 25 in - -es t '~nt ions  
(references 8 t o  25) t o  indicate the neture of these changes and t o  
discuss tine d e s i p  of controls on swept wing. 

A t  the present t ine,  information on the behevior of controls i n  
the transonic speed rarqe is too mea.ger to  p e r i j t  the dey-elopment of a 
ra t iona l  design procedure that applies a t  t r a n ~ o n i c  sgeeds, Becaase 
of t h i s  s i tuat ion,  the design ~f control surfaces f o r  +r=scnic sir- 
planes must s t i l l  be based primarily on low-:peed considerat:cl?s. A t  
the same t i m e ,  however, t h e  experimental r e su l t s  t h a t  axe aveileb'e f o r  
traneopic speeds indicate cer tain trenita which should be kept in  mind - 
In crder t o  'reduce the unfavorable e f fec ts  of compressibility a t  high 
speeds. With t h i s  thought i n  mind, therefore, some of the i q o r ~ a n t  
e q e r i n e n t a l  data at transonfc speeds will be discussed and a d e s i ~  
procedme baaed cn low-speed data w i l l  be presented. For con7:enierse, 
the discussion w i l l  be divided, into ai leron effectiveness, l i f t  effec-- 
tiveness, and pitching-moment effectirenass.  Hcwever, it ahould be 
realized tha t  the parsmeters are closely interdependent end hence, i f  a 
cer tain geometric deaf@ feature causes 6 pert iculer  change in  one of 
the parameters, it w i l l  usually cause a corresponding chenge i n  Yne 
others. 

Effects Compressibility 

Pff'ects o f  sweg-~.- Information on the e f fec t  cf awee'p on ?.ileron 
effectiveness a t  high subsonic speeds was obtained recently from tests  
i n  the Langley &foot high-speed tunnel (references 3 and 9 ) .  These 
t e s t a  were run on a wing of NACA 65-210 section which fo r  the unswent 
case had an a s ~ e c t  r a t i b  of 9.0, a taper r a t i o  oP O.h, end a 20- ~ e r c e n t -  
chord plain ai leron covering 33.3 percent of the wine senispan neer the 

-0 



tip. In order to obtain the swept-wlng ccnfigurations, the straight 
w5ng was rotated about the 40-percent-root-chord point and the tius 
extended so that they were parallel to the airstreem. This procedure 
changed somewhat the aspect ratio, taper ratjo, and wing section parallel 
to the stream direction but retained t11e advcntages inherent in teotine 
the same model at different angles. of sweep. Scme tyaica! results from 
the investigation are shown in figure 1, 

Here we have the change in rolling+noment coefficient produced by 
20' change in total e.ileron an@e pl otted against Mach number for the 
straight wing end for the two wings sweptback 32 .Go and 47.6'. It 13 
noted that the aileron8 on the strqicht wing remained fully effectzve 
up to the critical Mach number of the wi-ng which was 0.73 at design lift 
coefficient. Beyond the criticel Mach number the ailerons continued to 
lose effectiveness up to the highest test Mach number of 0.925. This 
large loss in rolling-moment effectfveness at supercritical'Me.ch nhbers 
is a~parently a direct reflection of the generally lerge loss in lift 
effactiveness of treiling-edge ccntrol surfaces rm straight airfoils 
at supercritical Mach numbers. The effecte of sweeoback ere seen to 
be twofold. First, the aileron effectiveness, before com?reesibillt.~ 
effects &pear, is reduced approximatelg by the factor toea in 
accordance with the simple t h e m  of the effect of swsepback cn flap 
effectivenese. Second, the Mach number at wbich com?ressibil?W effects 
f-irst appear is raised by sweeping the winq back. For exeqle, the 
aileron on the straight xine began to lose effectiveness ~t a Ikch num- 
ber of about 0.7, that on the 3 2 . 1 9  eweptbeck Qing at a Mech nurnbei 
of 0.8, end that on the 17.6' swcephback wing at a Mach number of 0.3. 
It might be qoted also that the dropoff jn effectiveness due to ccm- 
pressibility effects becomes less abrupt as the sweepback angle i3 
increased.. These data show the desirability of resortinc to sweepback 
in'order to 'delay the loss in aileron control. effectiveness ,that occws 
at hi@ subsonic speede. . . 

Same pualita<iye data on the effectivenees ~failerbiis'at Mash 
numbers between .the critical and 1.3 h*e. been obtained* by the ~anel'ey 
Pilotless ~ircraft Research Division (reference 10) and are: shown in 

. . 
figure 2. In these tests rocket-propelled test vehicles' were fjtted 
with low-aspect-ratio v ing of NACA 6wer1es secticn havln~ 20-~ercent- 
chord seeled ailerons deflected about 5O parallel to the relat,:ve wid. 

.? ., . . ; . .. . . - , - ...,.. (. :. . .. ..,.. , .  .- ..... From continuous measurements of the roll.ing Trelccity and speed of the 
: ... - i . . - 

mi~sii=s the r~ilin~fiectiveness $ was determined es s 
-I. 
V V 

function of Mach number. It should be noted that this pararceter 
2v 

depends on the wing damping moment due to rolling ai well es tne aileron 
effectiveness so that some of tKe results are only qualitative with 
regard'to aileron effectiveness. However, the results probeblg jnc?icate 
correctly the effects of the:various major design parameters on aileron 
effectiveness at transonic speeds. In figure 2 we have plotted the 



pb 2V per degree of aileron deflection aaainst the flight Mach number. 

It is seen that for these wings of Wercent thickness end aspect ratio 
of 3 the unswept configuration experiences a sudden serious loss in, 
aileron effectiveness at Mach numbers around 0.925. Bec~ure of the 
effects of rotational inertia of the rocket-propelled bod$ and the 
longitudinal deceleration during these teats, the actual. loss in effec- 
tiveness was somewhat greater than is shown by the data. As the s w e e p  
back angle Is increased, the abrupt loss in effectivenese grows smaller 
until at a sweepback angle of 450 there appear to be no sudden chenges 
in effectiveness through the transonic range. The aileron effectiveness 
at supersonic speeds is much leas than at subsonic speeds for all sweep- 
back angles, the difference being peatest for the unawept wing and 
least for the most hlghly-swept wing. 

' 

Eff - - - -  ec% of thickness .- Other rocket tests (reference 10) heve shown 
that airfoil section thickness appears to heve a major effect on the 
loss in effectiveness of controls in the transonic range. Figure 3 
illustrates this point. Bere we have tests of two NACA €?-series 
symmetrical airfoils of different thickness ratio8 at en aspect ratio 
of 3.0. The g-percent-thick section exhibited an abrupt loss in effec- 
tiveness at a Mach number of 0.925, but t9.e &percent-thick section, 
althoue ahking an equal lose in effectiveness from Mach number of 0.9 
to 1.3, does not ahow the discmtinuity at Mach numbers of about 0.9. 
Data for sweptback wings similer to that eh'own here indicated that - 
for 45O sweepback, audden chengea in control effectiveness in the 
transonic speed range will be avoided if the thickness ratio is less 
than 10 or 12 ~ercent. These data apply for deflections oi' 5O and 
therefore may not represent the variat3ona for smaller deflections. 

Effect of aspect ratio.- The effect of aspect ratio at 45O sweep- 
back as detedned from rocket tests (reference 10) is shown in figure 4. 
The control on the airfoil of aspect ratio 1.75 was considerably more 
effective than that of the aizf'oil of aspect ratic 3.0. This may verg 
well btr l a ~ g e l y  en effect of change in the damping moment due to rolling 
of the airfoils. The s a y  trend in control effectiveness with aspect 
ratio was observed also on - unswept airfoils of aspect ratio 1.75 and 3.0. 

Effect of t r a i l i n ~ d ~ e  angle.- The trailing-edge anele of contmls 
als9 appewa t~ dete-e to a lgrge extent .$he behavior of ailerons at 
transonic speeds. Some reaults from the Langlev 8-foo t high-"yeed tunnel 
(reference 8) snd from the Ames 16-foot high-speed tunnel are shown in 
figure 5 .  This figure shows the rollin(: moment produced by zileron 
deflecticn for several wings at 2O angle of attack and at Efach numbers 
of *about 0.85. We see that the aileron with a. 20° trailing-edge mqle 
on the u m p t  12-percent-thick xing showed a reversal in effectiveness 
for the up-going ailerpn. This. reversal of effectiveness extended to 
deflections of 100, the largest tested. The aileron with the 11° treiling- 
edge angle on the unswept 10-percent-thick wing did not however show a w  



reversal even at slightly higher Mach numbers. Sweeaiw the wine with 
the large trailing-edge angle back 47q, as shown in this f itwe, also 
eliminated the reversal in effectiveness over tke complete defection 
ranee, Other Ames 16-foot high-speed-tunnel date. (reference 16) 
indicate, however, that the trailing-edge angle of control8 on swept 
wings is also crit$cal. For example,' al3erane with 16.4O trail ing-edre 
angle on a 37' sweptback wing ehowed serious decreases in effectiveness 
vlth Mach nwber, whereas reducing the trail inpedge to 11 -2' alleviated 
the large decreese in effectiveness. These results indicate two %hi-s:  
first, that the trailing-edge mgle is important and should be kept es 
small as possibfe, and second, that aweepiq the wine will reduce but 
will not necessarily eliminate the adverse effects of large trailfng- 
edge -10s on aileron effectivenese. 

Aileron Design 

Ezerimentdl results.- From the discuosion thus far we see that the 
main effects of sweep ere to delay the adverse effects of compreaelbility 
to hl&er Mach nunbers and to reduce the mawitude of these effects when, 
and if, they do cccur. In order to determine to whet extent the design 

, procedure for controls on unswept wings would have to be modifled f o r  
G p t  vings, a adspan wing with an aspect ratio ~f 6 and taper .Pat20 
of 3c/2 was tested in the L ey 300 WE 7- b7 10-foot tunnel, un:ment 
and with three m e p  11). The wing wes equipped with 
a variable-span, plain-sealed, 20-percent-chord aileron. - 

'rt;e variation of the rate of char& of rolling*oment coeffici.ent 
Kith deflection C t g  with span of aileron for the various eJrigls3 of 

sweep 16 shown in figure 6. The aileron for this investigation extended 
inboard from the tip but the data are epplioeble for other eilebon Lcca- 
tl0118. The variation of C with sweeP shown here also includes the 

' 8  
effect of- erapect ratio which varied from 6 for the straight. wing to 3 .43  
for'the 51.3O swept wing. It will be noted t3at as the sweep is increased 
and the aspect ratio decreases, the values of C t g  decrease considerably 
an8,that this decrease is even greater for ailerons located near the 
wine tip. It should be remembered, however, that these data are for 
low Mach numbers and Remolda number of about 2 x 106. fn order to 

, - . 'qmlc-e, thls chsrt of a more gene- nature, - the data were: reduced to the 
i'orm'more generally used - that is, the ch~nge in rolling moment fcr 

c 2 unft chcnw jh angle of attack over the niloron sgen z. In mglcinq 
this reduction it was necessery to esteblish a nomencleture for s w e ~ t  
wings. In order to be consistent with established procedures, the chords 
and spens of the swept wings are measured parallel and penendiculer to 
the plane of symmetry.and the sweep angle is that of the wing leadin& 
edge (see fig. 7). The control surface deflections ere masured in c 
plane perpendicular to the control hinge line. When the "unswe?tl' wlng 



panel .is referred to, it w i l l  represent the  wing t h a t  w o u l d  be obtained 
if the awept w i n g  were rotated about the midgdint of the root  chord 
u n t i l  the wpercent-chord l i n e  ie perpendicular t o  the plane of symmetr'Y. 
The t i p  is cut off paralJ.91 t o  the p b n e  of symmetry. The chords i n  
t h i s  case a re  xtkaeured perpeqdictllsr t o  the p p e r c e n t c h a r d  l ine .  
(The unswept qpm and chard8 a re  primed in- f ig .  7,) 

Design prowdure.- I n  reducing the data of figure 6 h c m  Clb t o  

2 ae s h m  in f igure 8, the vaiube of ( I l g  a t  each epanwise s t a t ion  
Oa. 
were divided by c o s 2 ~  and the  r q . 1 ~  of f lap etiectiveneee parameter 
% for the "unsweptm wing papel, It w i l l  be noted t h a t  this method 
brought the ounee  together for l a rgbegan ailerone and f %  a i le rons  
on wings wep t  lees  than 30°. 'TIM curve for A = o0 t o  30 agrees 
with the theoret ical  curve (reference 2) fo r  the same aspect r a t i o  
and taper  r a t i o  a8 the, unswept w i n g .  Shortspan t i p  a i lerons ehow, 
hatever, ' a loss  i n  effectiveneee f o r  the bigher sweep angles and 
indicate tha t  on highly swept winge a partial-epan a i le ron  located 
e l ight l j  inboard w i l l  give more ro l l ing  mcnnent than the eame a i l e rch  
located a t  the wing t i p .  

I n  usicg t h i s  chart for  design purposes, it Is necessary t o  correct 
C 

the values of 2 for  aspect r a t io ,  taper, and f l ap  chord. Aileron 

effectiveness 
' 28  

i s  obtained by us3ng. the formula a t  the top of the 

figure where i s  obtained from the appropriate curve on t h i s  chert .  

The aspect-ratio correction K1 i s  the r a t i o  pf 2 f o r  the aspect 
Oa 

r a t i o  of the "unavepttt vine t o  the value of a fo r  aspect r a t i o  6 
+ & 

(o5tained from reference 2) and f o r  taper r a t i o  of 1/2. F e  taper-ratio 

correct!& KL, i p  the ' r a t io  of the value of 5 .for the t a ~ e r  r a t i o  
@a.  

of ' t he  'hsvept"  wing t o  the. palue of 5 for  t a ~ e r  rat!o of 1/2; both 
Oa 1 

values. (obtained from reference 2) are f o r  aspect r a t i o  6. The f l ap  
effectiveneso prremeter "o is  base4 on the unswept-aileron-chord, r a t i o  
(see reference 1) and A-. ,B the m e p ,  of the wing leading ed&. The 
values of C . thus obtained are fo r  low l i f t  coefficients and fo r  

18 
small deflections, and sGme changes w i l l  occur i f  e i the r  i e  varied cm- 
siderably , 

Effect of de f l ec t ' i on .~  ~ i & r e  9 ahova the r a t i o  of C Z g  obtained 

a t  large aileron deflect ions. to  the values of CZg  obtalned from the 
previous figures. It w i l l  be noted that' the lo s s  i n  C l g  f o r  l e r m r  
deflections !B l e s s  fo r  the swept wing than for  the s t ra ight  wing. The 
difference a-,pearn to  be_ about the same as the difference in deflect  ions 

. -  v 



_. - . . . 

of the ailekon'i on the-'two yings, mea&ed in the a tream direct ion. Thus, 
it would appear th8t larger s. can be used on owept wings which 

of the ail,q+ns, The 

. . 

results of. indicate that the effec- 
tiveness, as with straight'wings,, ~~.relatively,.constant with lift 
coefficient ' so ' Ion(: as .no. unusual ' or sirdden changes In flow occur over 

...... . . , . . .  , . I . . . . .  the wing. . . . . . .  
. . .. : 2 . . . , . .  . . . .  .i. -, . . . . .  ..; h ,. I:.. . : ... + , r  ........:.. . a  . . . .  . I .  . ' .  

' . coT.&1 son of estknated .,and test results.- In orde'r to determine . 
the reliability of thia method in predicting . C l g  ' for wings of other 

2 .  . . . . .  . . .  
swejps, aspect ratios, ' and t&cr ratios, v&a of Clg .were edtima+d 

. - for 14 .&ga apd b e .  compax%d . . in k @ r e  . .  10. .vi€h the .m?asured, values. . -  
, . - . .  : .  . _ . i , . ' ; c  

ki-g&e 10 ii a plot of c ~ . . '  .. agaidst - .C, the eolid line 
Best . 'teet'. . . .  

is the line of agreement. The scatter of points around the line of 
agreement indicates that the method.gives good.ag.eement for these rather 
 conventional^ sweptback wines, that is, wings of aspect ratio between 
2.5 to 6 and taper .rat$- between 0.4 to 1. This method, however; can- 
not be expected to give as good results for all cases of swept wings, 
paxticulorly for thoge;' of extremely I& aspect ratio anil/or with extreme . . .  

. . . .  , . .  .. -$-. . . . . .  taper. , . 
.: . 

. . 
. . .  ... . . . . .  

. . 

Effects of ~&ressi~illt~ 

Effects of sweep.- The problem of control lift effectiveness is . 

closely related to !he problem of aileron rolJing effectiveness. In 
the case of ailerons, we are interested in the rolling moment caused 
by 'the lift effectiveneee of a control located a m  diatence outboard 
on a wing. In the case of an elevator or a rudder, we are interested 
directly in the lift effectiveness of the control, inasmuch as this 
lift afiectimness determines how much elevator control will be required 
to pitch the airplane through its anglmf-attack range or how much 
rudder $ont~ol pill..be reqvired. to ,o$fset yawing momedta due to the use 
of 'nilerons, aa;metric power, and so forth. Because of the close 
functicnal relationship between all the primary controls, therefore, 
one might expect to find that the effects of compressibility on the 
lift effectiveness of elevators and rudders will be largely the same 
as the 8ffect.s of comyressibility on the rollinganoment effectiveness 
of ailerons and- vice versa, This expectation is borne out by an analysis 
of the avellable experimental data pertalning to'full-e-pan controls that 
would likely be uaed as elevators and rudders. Some effeets of COIL- 
pressibility on the lift effectiveness of.such controls will be con- 
sidered now. 



An examination of the data for full-span control surfaces on 
unawept airfoils, tgsted recently in the Laqley %foot high-speed 
tunnel, the Langley 16-foot h i m p e e d  tunnel, and the Langley 2binch 
high-epeed tunnel (references 15 and 25 to 28), permit two conclusions . 
to be made regarding lift effectiveness at high aubsonic speeda. First, 
belaw the critical speed of the airfoil the control lift effectiveness 
is essentially unaffected by crrmpreesibility effects. Second, at 
speeds slightly above the critical speed the controls tested always . 

experienced an abrupt 1038 in effectivb~ess which continued up to the 
highest speed .tested. The data suggestlthat the control effectiveness 
for Bmall deflections for these unswept configurations of con7entiona.l 
thickness would probably reverse at Mach numbers. in the neighborhood 
of 0.9. 

Further light is shed on this phenmenon by results obtained fran 
wing-flw tests (reference0 12 and 13), which ere shown in f i gwe  11. 
This plot shows the control-effectiveness parsmeter C18, measured 
oier d+O control deflection, plotted egelnet Mach number. Data e r e  
&own for an unawept configuration of 10-percent thickness, the actual 
sweep of leading edge being 130, and for a 330, awe~tback.confiwaticn 
of 9-percent thickness. It ia noted that the control effectiveness 
for the unswept tail surface actually did reverse for snsll deflections 
at a Mach number of approximately 0.95. At hlaer  Mach numBers the con- 
trol regained effectiveness for emall deflecticne. It may be noted also 
that the sweptback configuration did not lose completely its control 
effectiveness at m y  speed up to a Mach number of 1.10. Actually, the 
control effectiveness of the sweptback configuration fell .off by about 
40 percent from its low-speed value. Altho@ these data 6 m  obteined 
at very low Reynolds number, that is, approximately one million, there 
ie no proof that the phenomenon of control reversal ah,- by the unmept 
configuration will not occur also at higher ~ e ~ o l b .  numbers, perhaps 
to a different degree. Frcnn figure l.J it should not be assumed that 
the unmept control had reversed effectiveness at all deflections. 

. -' 
Effect of deflecti6i.- Figure 12. will show how' the lift produced 

by the control varies with deflectton at different Mach numbers for 
tke etraight tail surface. One curve is for a Mach number of 0.95 
-where the force break occurred, one is for a Mach number of 0.96 where 
the control effect;ivenees wae .reversed, and one is for a Mech number - 
of 1.04 where' 'the control' hiid rigafnea effbct'hreaese at d1 deflections; 

It should be noted that, although the fla? geve a net loss in lift 
between deflections of -40 and 49 at a Mach number of 0.96, as was 
shown ln figure 11 by the negative value for 

C ~ P  
at higher deflec- 

tions, the flap produced lift in the proper direction. Hence, it woilld 
probably be poasible.to w e  such a control.for trimming in cornbination 
with an adjuetable stabilizer or an adjustable fin at transonic speeds, 



but it is believed everyone would object to such a control because of 
the illogical type of control motion it would introduce, In this con- 
nection, however, floating-model tests of very thin unswept airfoils 
have not shown reversed control effectivenesa at transonic speeds for 
the moderately small. deflections that were tested. Hence, it seems 
premature to condemn completely the use of unewept configurations at 
transonic meeds. Much more data is needed to determine the effec-ts 
of airfoil thickness, of flap trailing-edge angle, and of possibly other 
geometric pu'ameters on the flap effectlvenesa of unmept tail surfaces. 
For the present time, however, we b o w  that the flep on the +percent- 
thick, 35O sweptback tail surface showed no signs of complete loss of 
effectiveness even for anall deflection at any speed up to a Mach 
number of 1.10, the higheat Mach number reached. 

- 
. . 

Design Procedure 

Since the control llft effectiveness is so closeb related to the 
aileron rolling effectiveness, ths.desi,gn of controls such as elevators 
on tailless aircraft will not be dlscuqsed in detail. The llft effec- 
tiveneaa parameter 

c ~ s  
however showed ebout the same. variation with 

sweep ga did the aileron effectiveness; that is, there was a decreaae 
in 9, "th increase in sweep and decrease in aspect ratio (see . . . - 
fig.! 13). Reducing these data to elininate the sweep angle and flep 
chard by dividing. the valuea of CLg at each spanwise station by . -  

.- . 
coe2h an4 : a6 bf %he "unev8pt1' control b;usht the curves together 
except for the -&l-$pan controls on highly swept wings which aeain r . 
shoved a lose in 'effectiveness (see fig. 14) . The values of CLa for : 

. . 
. n 

other vines e<ui&ed with tip controls mqp be obtaiqed in a mar& i .  -.:,. 
slmilar to the .aileron.effectiveness, except that the aspect-ratio - .:: . 

' 

correction $8 the'ratio of the lift-curve slope for the "unswept" wing 
. to the lift-*a. slope .for aspect ratio 6 ( K ~ )  (see ffg. 14) . A s  with 

. ?  :. aileron effectiyeiwe?, the reliability of thie method w.8. chepked by 
eatimat ing C for nine. wings ' and comparin& wi th the neasured valw , :. 

=0 - -  -- . ~~ 

of CL6. Good agreement was obtained for all anga  except^ two-for w l d  ch' .- 
. . 

the control was, located ather than at the ,ti.?. Since tmmept lift data 

' : .  :.., , 
indicate the lift" effectiveneee is different fcr controls atartiw at . . 
the' tiph.than' for tR0.88' e tai.ting .at the root, thie t33eagreement would . 
probably be expected. Thus, in addition to the Pe'striction placed cn 
the method of prediction of aileron effectiveneao, that is, aspect 
ratio and taper ratio, we must also limit this method to controls sta5.t- 
ing at khe wing tip. . . 

. . . . . . . I. . . 
,. . . - . . 



PITCH E F F E C T r n S S ,  

Effecte of Campressibilitg . 

In addition to a knowledge of the effects of compressibility on 
aileron characteristics and lift effectiveness, the d e s l m e r  of a 
hi@-speed flying-wing-type airplane needo to h o w  what the effects of 
coxnpressibilit~ will be on the pitching moment produced by trailing- 
edge flaps. Here,the emphasis is on sweptback configurations s!mo3t 
entirely because of the necessity for providing a rea8ombiy l a ~ g e ,  
allowable, center-of-gravity range together with a reasonably  hi#^, 
trimmed, maximum lift coefficient. Some data sharing the effecte of 
cqressibility on the pitching-mmnt effectiveness of longitudinal 
controls on meptback wings are ahawn jn figure If. 

This figure shows the pitching-momont p'waxneter C plotted * 
against Mach number for various sweptback wlng-flap combinat?ons 
(references 12 and 14). Tne pitching-mcment sloys shown here are with 
reference to a point at 17 percent of the mean asrodynamic chord of 
each of the wings. n i s  point was found to be the icw+?eed aerc&]nam?c- 
center location for the isolated winge, having 35O and 4j0 or' sweepback 
and an aspect ratio of 3, which are shown in this figure. It is seen 
that the effects of compressibility on pitchiq+noment control are 
relatively emall, at all speeds tested which are up to a Mach num'oer 
of Zcl. The mazimum loss in effectivenees of the 1-chord p l a i i l  
- 1 r; 
flap h the 35O peptback NACA 65-009 airfoil, which was the ar?y  can- 
,fLgurationtested through the speed of aound, wa3 about 30 percent. 

. ' *. ~ h r $ $ a l - e ~  flaps on the tapered 350 eweptback wing show e sfmi2ar 
7 .  - tsnbency:to',losr kitchinpnoment effectiveness as the speed of sound 

is apprahched.., With 45 of sweepback, the longitudinal control effec- 
tiveness a$ tha full-span 2Fpercent-chord flap on a 12-percent-thick 
xing wawcdmpletely unaffected by cm~pressj.bility up to o Mach nmber 
of 0.89. 'aese data indicate t h ~ t  trajling-ed6~-type lorgjtudLle1 
controls will retain considerable pftchin~~dloment effectiveness e t  
transonic speeds if as much as 35O sweepback in used and if the wing 
thicknees is not too peat; for the cases under connideration the 
maximum thickness was about 12 percent. 

- . , ,  

Effects of Sweep 

The limited mount of low-speed data for the effects of sweer md 
spa&iee location on the pitch effectiveness does not permit the con- 
etruction of design charts. The pitching-moment data for one series 
of swept w i n @  do, howavel?, ahaw consistent variations with sweep 
for sweep anelea greater than 30° (fig. 16)  but are not complete 
enougb to' account for all the varieblea. 



CONCLUSIONS 

It appeers from the data p re~en ted  that no sericus problem3 
resul t ing from compressibility e f fec ts  w i l l  be encountered so long es 
the s ~ e e d s  ere kept below the c r i t i c e l  speed of che wine or  t a l l  
aurface end the trailing-edge angle is  kept sm8,11, that i e ,  lees  then 
about lbO. Above c r i t i c a l  speeds, however, the b e b r i o r  of the control 
depends t o  a large extent on the wing'sweep angle. P.e main offects  
of sweeping the wing or  t a i l  are  t o  postpone t o  higher Mech numberg the 
adverse e f fec ts  of campressibility and t o  d e c r e a ~ e  these adveree 
e f f ec t s  when they occur. me design procedures presented,'althou&h of 
a preliminarg nature, appear t o  offer a method of estimating the efpec- 
tiveness of flap-type,controle on swept wifi&s of normal aspect r o t i o  
and taper r a t io .  
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Swep t-wing nomenclature. 

Figure 7. 

RELATIVE DISTANCE FROM WING CENTER LINE 

DESIGN CHART FOR AILERONS ON SWEPT WINGS 
Figure 8. 
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Effect of sweep and spanwise location on control effecuveness. 

Figure 13. 
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Effect of sweep and span on C 
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Figure 16. 



11 - HINGB EfQMENTS 

By John A. Axelson 

Ames Aemnautical Laboratory 

I T r n R O D r n O N  ' 

I n  the discussion by L m ,  an e q i Z i c a l  method f o r  p r e d i c t i ~  
the effect ivemsa of swept control eurfacee h e  been presented. 
There is not sufficient high-speed data avsi lsble  as ye t  f o r  dovelop- 
ing a re l leb le  metlod of p r e a c t i n g  h i r e  m m n t s  of control sur- . 

feces i n  the transm-ic-speed region. Efforts t o  approach the problem 
theoret ical ly  h a w  not yielded ~ s t i s f ~ c t o r J  i -ou l t~  because of the 
lack of a sui table  ap3roach which accounts for the mny variables,  

.such a s  e f fec ts  of  the viscosity of the a i r ,  boundary -er, and 
separatiorr, Hi&-speod data furnish the best  guide f o r  use i n  con- 

. 

t ro i  surface design and f o r  e s t i m t i n g  the high-s?eed chamcter i s t ics  
of surfaces. Alt11011gh tilere has olnly been a l!.mited amount of hinge- 
moment data thus f a r  obtained i n  the transonic-speed range, the 
exis t ing date h ~ v e  given several def ini te  resi1l5s, t3e more s ign i f i -  
cant of which will be discussed, first with respect t* unbalanced 
control surfsces, and then * i t h  respect t o  aerodp.mica1l.y balanced 
surfacoe . 

Sweep.- Sweep has been shown t o  be v e n  uaeful i n  delaying the 
e f f ec t s  of corr;pressibiUty on the effectiveness of control surfaces 
and i n  dec re~e ing  the uagnitude of the changes when they occur. The 
same general trends eldet  i n  the hinge-musent chamcter i s t ics  

In fi@=e 1 are presented the variations of the a i le ron  h i q e -  
moment paranetem 

Cha 
and C with Mach nunber f o r  three vings 

having wrying  degrees of aweep. (see referenco 1.) C i  and C1 % 
. ,  u. 

are  the- variations of hinge-moment coefficient with angle of a t tack  
and control-yurfacc deflection, respectively. It wil; be noted, a s  
it was i n  *he case with effectiveness, t.kt the m i n  e f fec t s  of sweep 
on hinqe--moments a re  t o  delay the e f fec ts  of compressibility t o  a 
higher Mach number and t o  decrease tho mgnitlrde of the chcnges when 
they occur. I n  the r e su l t s  shown here, Cha and Chg are both 

negative, d the effect  of sweep i s  t o  reduce the absolute v d u e  of 
the hinge-noient pamneters with increasing sweep. I n  other t e s t s  in 
the Ames 16-foot hieb-speed turne l  cf a m&el kaving a large 



trailing-edge m.gle, and C weTe posit ive f o r  the unswept Cha . h~ 
configurations, and eweeping 'the wing back t e d e d  t o  reduco the ~ 0 8 1 -  
t i v e  values of the ?ammeters., Thus, i n  these and otheT i n v e s t i - ~  
gations, sweeping the model tended t o  reduce the riiagnitude of Cha 
and C ,  whether the parameters were posit ive o r  negative f o r  the 

unmept configulation. Such an effect is  t o  be expected becauee the 
magnitudes of the hinge-moment parametera a r e  d i rec t ly  related t o  the 
l i f t  o r  loafing paraneter Ck, which has been shown t o  decreaeo 

mt@y a s  the cosine of the L g l e  of sweep. 

. Tnsi l i1~-edge angle.- The importance of conti-01-surface prof i le  
a f t  of the hingo l i n e  on the hi@-speed control-surface chamcter- 
i s t i c s  has been f u l l , ,  realized only ~ e l a t i v e l y  recently (hference  2) . 
I n  mmy high-speed wlnd-tunnel end f l i g h t  investigations, dras t ic  
chPllges in-control-surfsce chzracter is t ics  were uneqectedly encoun- 
tered a t  high 1.inch n~unbers. I n  sora cases, the =usual character- 
i e t i c s  were fow-d t o  be associated with bul@s and in  others wfth 
the tmiling-ed&e ongle of the control surface. Analysis of the 
reeulta indicated that adverse e f fec ts  generally came with the la rger  
trailing-edge angles (which f o r  bulged and cusped surfaces a r e  best  
meaeured betwean the mamum tangents t o  the eurface .) The larger 
the t m l i r g - e d g e  ano, the sore poeitive became Cha and ChS 
and the greeter the incmase of theso panmeters with increasing 
Mach number. This trend occurs for  both unswept and swept control- 
aurface combinat1 one. 

I n f i g u r e 2 a r e p r e s e n t e d t h e ~ v a r i a t i o n s o f  C and C with 
ha h6 

k c h  number f o r  three swept models having dlf ferent trailing-edge 
angles. The ts-iling-edge angles in$icsted i n  the figure are those 
measured pa ra l l e l  t o  the wind streem., It can be seen that increasing 
the t ra i l ing-eQe angle inci-ases 

Chc, and Chg and leads t o  adverse 

changes with incrensing Yach rrlmber. The Lsrg positive Ch6 above 

.6 Mach number of the control surface hRvingtthe greatest  t r a i l i ng -  
edge angle did not extend over the e n t i m  control-surface-deflection 
range but did cover the useful opei%ting m g e  a s  shmm i n  figure 3 .  

I . (see reference 3.) . A l t h o u g h  the ai leron had a mdiua nose, consid- 
emble balencing effect was produced by the l a ~ g e  tmiling-edge 
angle ~t a l l  Mach numbers, the degree of balance increasing mpidly 
8.t the higher Mach numbe~a, the ai lerons then becor~ling overbele.nced. 
A t  the sane time the c 0 n t ~ 0 1  effectivecess changed i n  a similar 
manner, roversed effectiveness occu~r ing  i n  the same general mnge 
as the posit ive Ch,i. The a i r f o i l  oection pelpendicukr t o  the 

V 

t$.&-ter-chord line web the NA& 0011-64 section. Extension of the 



chord ivid reduction of the t ra i l ing-edm a n a e  a s  indicated i n  
figure 3 matarialiy improved the hicge-cament chamc t e r i  s t i c  s a s  
we11 as causing R similar improvemmt i n  the effectiveness of the 
control surface and in the s t a 3 i l i t y  charac ter i s t ics  of the wing. 

These resul t6  indicate t h a t  the trailing-edge m g l e  should be 
kept t o  a minimum, preferably below 140. In d o b g  so, f la t -s ided 
cantrol surfaces may be g e ~ ~ e r a l l y  preferable t o  cusped surfaces 
both from a structunil s t a n d ~ o i n t  and because a cusp tends to  heavy 
the hinge momenta by negatively increasing C ha ' Bulges and bevels 

are definite17 not sui table  fo r  hi&-meed use because of the accom- 
panying large trailing-edge angles, Special care should be taken  hen 
using e l l i p t i c a l  plan i~rms o r  curved trailfmg edges i n  order t h a t  
the trailing-edge angles be kept uniformly small along the en t i re  
span of the control aurf ace. 

&verhaq.- Aerodpamic balancing of ccntrol  surf aces is often 
desirable eve& where booets are en2loyed in the aystern (reference 2). 
The moat cornman type of balance is the nose overhang, shown on 
three models in f igure 4. me variations of C and C Kith ha 
Mach nmber -a re  presented fo r  each of tho threo models, al l  of 
which had trailing-edge angles of 14O br lesa .  Only the f i r s t -  
male1 displayed an obJectionable increase Lrr CB and Chg with 

increasing Mach number oyer the t e s t  range. This was caused by the 
larwr thickness of the overhang forward of the h i n e  l ine .  These 
results and other eimilar data  indicate that overhang balances can 
be used up t o  a Mach n-amber of a t  loast '85 and probably higher, 
provided the nose shape i e  properly formed and the thickness-to-chold 
r a t i o  and trailing-edge angles are  kept mall. There is v e r y - l i t t l e  
data  on Internal nose balances above .8 Mach nmber, but the 
same general remarks apply. 

Tabs.- In figure 5 - 1 s  shown the effect  of sweep on tab effective- - 
nese. Existing data  3n tabe indicate that the tab effectiveness 
generally decreaaea at high Mach numbers in a aamer  similar to 
tha t  of the f lap-effectiveness parmeter  CL5, sj-nce the same 

factors ,  such as separstion, influence both. The reeul t s  show 
t h a t  swoeplng the hinge l i n e  back 4 5 O  reduced t i e  tab effectiveness 
at  lower Mach nmbera as might be expected but a lso resulted in a 
more favorable var iat ion with Mach ntunber. These e f fec t s  of sweeg 
an tab effectivoness aro  very.elmilar t o  the e f fec ts  of sweep on 
C L ~ ,  which have already been discussed. 



H O ~  balance .- Ih f i e r e  6 i s  shown a 'co l lec t ion  of hinge-mbnaent 
data  (reference $ and unpublished data) f o r  horn b a h c e s  on swept 
tail surfaces . Reeults a re  shown f o r  a 35' swept-back model with and 
without the horn obtained from wlng-flow t e s t s  and f o r  a 45' swept 
model with a horn from wid-tunnel t e s t s . ,  It csn be seen tha t  the 
valued of Chg f o r  +he 35O and 45O swept talls he.ving horn balances 
a re  bery hear17 constant with Mkch number below a Mach number of .4. 

6 A t  the low Re-molds number of about .8 x 10 , the horn on the 35'. . 
swept model loses  effectiveness r s ther  rapidly above a Mach number of 
.9; but a t  a hlgher ~ e y n o l d s  nmb.er, the effectiveness appears t o  hold 
a t  l e a s t  t a  the s p e d  of sovnd. The r e su l t s  f o r  the horn on the. 4 5 O  
svept m d e l  at  the l e f t  of f i w e  6, which wac a t  a Reynolds. nwnber 

6 of about 6 x 10 , ahows the epw trend as  the hi& Reynolds number 
data  on the 35' swept wings. The large Rupnolds nm3er effects ,  
e.r=h as shown here, make it d i f f i c u l t  t o  predict  the character iet ics  
a t  fu l l - sca le  Reynolds number from t e e t s  of re la t ive ly  small models 
because of .the lvrge inf lumce of separation and boundary layer  on 
t r a i l i n g - e d p  type of controls.  . . 

The. values of fo r  the horn belance on both the 35' and 
45',, wept  taiIs are poyitive. It should be noted, however, t ha t  
the. unbalanced f l ap  on the 35' mept wing gave almost zero Cb , 

. . 
and most t m b  of aercdynermic balance, w i t h  some exceptions, would 

. . be expected t o  give some positive increments of Ch . a 
The data  presented indicate tha t  the horn-type of balance. 

a p p r e n t l y  balances Chg ' rhrough Mach numbers of 1 but t ha t  the 

increae-dngly posit ive values of Ch with i nc reas iw  Mach number 
a 

might prohibit  Its use except f o r  tru;ly i r reversible  control systems 
where, f o r  example, osci l la t ione euch as sriaking of fe r  no problem. 
Zn any case, the balancing pamr  of the horn would be redvced by 
the posit ive Ch , which tends t o  heavy the controls during maneu- 

a 
vers becauee the combination of C and Chg determined the resu l t -  

ha 
ing hinge moments and control forces in f l igh t .  

' 

The re su l t s  which have been presented indicate tha t  favorable 
balancing character is t ics  can be obtained up t o  et Mach number of .9 
and probably higher. The pronounced ef fec ts  of sweep md t r a i l i ng -  
edge angle on hinge momenta in  the transonic-speed range have also 
been demonstrated. The general remai.ks may be interpreted as auply- 
ing t o  horizontal and ver t ica l  tails add t o  trailing-edge control 
surfaces pn wings. , ,  . 
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By John P. Campbell and Thomae A. Toll  

L a a e y  Memorial Aeronautical Laboratory 

The problem of o b t a i n i q  satisfactory l a t e r a l  s t a b i l i  t y  has become 
increasingly d3fflcuI.t as airspeeds have increased and as  designers 
have resorted t o  the use of extreme sweep3ack and low aspect r a t i o ,  A t  
high sgeedo, m q  of our mil i tary airpl.anes have exhibited a l i g h t l y  
damped yawin'j o sc i l l a t i cn  - the so-called "snaking" osci l la t ion.  A t  
low speeds, l a t e ra l - s t ab i l i t y  troubles are anticipated with sweptback 
and law-aspec.trratio d e e i p e ,  pa r t ly  because of t h e i r  r e l a t ive ly  high 
effect ive dihedral and low damping in r o l l .  In general, the problcm of 
oscil latory,  or  Dutch+roll, s t a b i l i t y  doe8 not now appear t o  be as  
serious f o r  swept airplanes a s  or iginal ly  anticipated, but i n   man,^ cases 
it is  important, In oomo cases, l a t e r d  cont ro l lab i l i ty  i s  a nore 
important fac tor  than Dutch-roll s t a b i l i t y  i n  determlnix the configu- 
ra t ion  of the airplene. 

Thls paper w i l l  deal f i r s t  with the effect on s t a b i l i t y  of some 
of the m r e  important aerodynamic and m o s  ~ h ~ a c t e r i s t i c s  and w i l l  
then present methods for  eetimntin& tde various s t e b i l i t y  parameters t o  
be used in  stabil1t;r celculations f c r  high-speed a i m l a m a .  

Two of the most important factors  affect ing l a t e r a l  s t a b i l i t y  and 
cont ro l lab i l i ty  are the d i rec t ional -s teb i l i ty  parameter 

cnp (or (kt) 
and the e f f e c t i v d i h e d r a l  perametor Clg (or Clt). (see references 
1 t o  3 . )  These two factors  are w e d  as the basio f o r  the conventional 
s t a b i l i t y  chart  shown in f i g m e  I. The ordinate is  C, and the P 
abscisea is which is poeitive effective dihedral. The boundary 

e m  is f o r  ne.U'kal oscil latoqy or D u t c ~ m l l  s t a b i l i t y  calculated f o r  
a general research model tes ted  in  the L q ~ l e y  f r e e - f l i a t  tunnel. In 
the figure a re  two points which represent two models or air-planes with 
dif ierentcombinat ionsof  Cno a d  C1 T h a f i r a t p o i n t a t h l g h  C .- 

I3 ' nD 
- and low CzR is f o r  a good fl:ring condition. The osc i l la tory  s t a b i l i t y  

. -  .- ,,- .,;.. .-- 
. . A* a+i && .the c5~trell&i~ltg...i~ dse -do. bedauae &he large - ; 

palue of CnO keens adverse yawing t o  a minirmrm. The seconP point 

which has large Ct and low C, represents 8 yoor f lying condition. 
0 a 

It can be seen that '  aince thie point is below thc s t a b i l i t y  boundwg, 
Dutch-roll i n s t ab i l i t y  i s  indicated. Even if the boundary were below 
t h i s  point (which i s  quite l i ke ly  in  many cases) the cont ro l lab i l i ty  f o r  
this condition would be poor because the low directional s*ility would 
permit excesoive advsrns yawing, which i n  combination wlth the high 
effect ive dihedral w i l l  cause a serious reduction i n  ai leron ro l l ing  



eff ectivensss. (see reference 4. ) This happened i n  the case of the 
6 3 9  meptback research a i q l a n e .  

Another islportant factor  affectixg l a t e r a l  e t ab i l i ty  i s  the damping 
i n  r o l l  which becomes smaller a s  tho sweepback i s  i n ~ ~ e a s e d  and as  the 
aspect r a t i o  is decreased. The effect on l a t e r a l  s t a b i l i t y  of reducing 
the damping i n  roll i s  shown i n  figuro 2 which i s  a s t a b i l i t y  chart 
similar t o  that  already presented. The oecillatory--stability boundaries 
have been plotted f o ~  values of the damping-in-roll pa-meter  C IP of 

0, -0.1, and 4 . 2 ,  The value of CZo f o r  a etraight wing conventional 
C 

&lane i a  about -0.4 or 4.5 .  These bo~mdaries whic3 were taken from 
reference 5 were calculated for  a hypotheticd transonic a i q l a n e  v d  
axe intended only t o  indicete the Crende obtained ss 

CZn 
i s  varied. 

L 

It is evldent from the bounda,ries tha t  reducing C 2  reduces l a t e r a l  
P - 

etabi l i ty .  

SoveraJ ail-ylanee now in the design stage have provisions f o r  
variable wlw incidence t o  permit the fuselage t o  remain a t  a low 8x18 
of attack while the wlrg toes up t o  tlie high angles of attack required 
becauae of the high meep and low aspect r a t i o ,  Recent theoretical work 
rreference 6) which has been checked by t e s t s  i n  the L q l g ~  free-flight 
tunnel (reference 4)  has indicated that increasing tho wing incidence 
a e h t  have a detrimental effect on l a t e r a l  s t ab i l i ty .  This effect  13 

i l lus t ra ted  i n  figure 3, which i s  a e tab i l i ty  chart f o r  a free-flight- 
tunnel 8weptbeck-wing model with o0 and 10' wing incidence. 

Changing the wine; incidence i n  effect changes the inclination of 
the principal axes of ine r t i a  of the airplane ~ h i c h  i s  the factor  tha t  
produces the change in s tabi l i ty .  For exmple, i n  tho case of  the 
airplane with 00 wing incidence the fuselago is a t  the sane a q l e  of 
attack as  the wlng; and, because the principal longitudinal e x i o  of 
i n e r t i a  i s  uauaUy ap~roximatePj in l i n e  with the fuselage, it alsoohae 
the same gositive angle of attack. 'In the case of the wing with 10 
whg incidence, however, it can bo seen tha t  the fuselage and, hence, 
the principal axes of ine r t i a  w f l l  heve very l i t t l e  angle of attack. A 
comparison of the two boundaries shows tha t  the effect  of using positive 
Wlrq  incidence is t o  decrease the osci l latory s tabi l i ty .  It therefore 
appease desirable t o  avoid the uee of large positive wing incidence if 
possible. Some calculatione have shown tha t  even a mall change i n  wing 
incidence (as  smaU, as 2O) can give large changes i n  s tabi l i ty .  

- The effects  of mass distribution and relat ivg density on l a t e r a l  
a tabi l i ty  have been investigated both theoretically an6 by t e s t s  i n  the 
Lang3.e~ free-flight: tunnel (references 5, 7, and 8.) In general, the 
resu l t s  have indicated that usually iro pronounced effects  on s t a b i l i t y  
occur when the re la t ive  density i s  Increased by i n c r s a s i ~  ei ther  the 



ving loading o r  the a l t i tude .  Similarly, incraasing the moment of 
l n e r t l a  in  ye.w by increasing the weight i n  the fuse lwe  does not U S U ~ Y  
appear t o  a f f ec t  s t a b i l i t y  ~ e a t l y .  Bcreas iq3  the moment of i n e r t i a  
i n  r o l l  by i n c r e a s i q  the weight carr ied in t h 3  wing, however, does 
have a pronounced ef fec t  on the s t a b i l i t y  ao i l l u s t r a t e d  by figure 4, 
which is a s t a b i l i t y  chart  for  a typical  swept~ack f ighter  model tes ted  
i n  the Langley free-flight tunnel with and wit'lout wing t i p  t5riks. A 
comparison of the two pointo on the chart  show3 t h a t  adding the tanks 
caused some c l ight  c h q e s  i n  aerodynamic chEr-ictellistics, but the main 
ef fec t  of tho tanks was t o  increase the rncmert cf i n e r t i a  i n  r o l l  which 
resul ted i n  the l m g e  s h i f t  shown in the osci l la tory-stabi l i ty  boundary. 
A ponounced redwt ion  i n  tho e t a b i l i t y  of the model i s  indicated when 
the w i n g  tanks w e  installed.  Since the pe r io i  of the  osc i l la t ion  in 
this case is f a i r l y  long, however, it i s  possS>le t h a t  the airplane 
p i l o t  would have l e s s  d i f f icu l ty  i n  f l y i x  wit-I t h i s  unstable con6ition 
than he would i n  other cases where the osc i l la t ion  i s  of shorter period 
and l igh t ly  dunped. 

'bcamples of lightly-damped short-period o ~ c i l l a t i o n s  which a re  
d i f f i c u l t  t o  control hayo been eacountered rec8?ntly on a n d o r  of 
mil i tary airplanes. These airplanes exhibited poor lz te ra l -osc i l la t ion  
chasacter is t ics  or  "makingt' in h i a h p e e d  f l l ~ h t .  A etudy of this 
snaking oscillation was  recent ly conducted wihh a conventional siz@e- 
engine low-- at tack airplane fo r  which poor l a t e ra l+sc i l l l t i on  
charac ter i s t ics  had bee= reyorted. The r e s u l t s  of t h i s  investigation 
are sumazizcd on fignres 5 m d  6. Figure 5 share a time his tory of the 
rudder motion and yawing velocity a f t e r  a dietcrzance i n  yaw f o r  various 
rudder conditions for  an indicated airspeed of about 350 miles per hour. 
With the rudder free,  the snalrlag osc i l la t ion  was v e q  l i g h t l y  danped 
evon thowh the actual  rudder deflections were l e s s  than half a degree. 

- With the rudder locked the damping was much be t t e r  and was considered 
satisfactory. The middle record shavs tha t  with jus t  the rvdder pedals 
fixed a t rue  rudder-fired condition wae not obtained and tho damping was 

. 
' not much be t t e r  than with rudder free.  

The variat ion of the drzmping with airspeed i s  shown in t3e f i rs t  
part of f i g w e  6. The cycles required t o  damp t o  one-half amplitude 
and period of the osc i l la t ion  are plot ted as  a function of indicated- 
airepeed,. W i t h  ryd,d,el: locked, .the demrqring in  cycles remained conotant 
over- the speed range; while with rudder fkee M:th the or idinal  horn 
balance the damping was not ae good a s  vith rudder fixed et low speed 
and became progressively worse with increasing airspeed. Vhen the horn 
balance was removed, the damping wae essentinlly the sane ao w i t h  rudder 
locked. 

An e a l a n a t i o n  f o r  theas \chan&es , in w i n g  i s  given on the rudder- 
f ree  s t a b i l i t y  chart on the r igh t  of t h i s  figkre.  On t h i s  p lo t  of Ch 

Jr 
against ' C thd  cdcu la t ed  rudder-free s t r b i l i t g  boundaries f o r  t h i s  

. -  hs . . 



airprane with tho effects  of f r i c t i c n  @ the c ~ n . 0 1  system ere taken 
in to  account, The boundaries, which were ca lcu le ted~by methods t h a t  
were developed i n  references 9 and 10 and checked i n  reference 11, 
indicate the combixiations of C a d  $ rhich produce s t a b i l l t j ,  

hJI 
divergence, constant-amplitude oscil latione, or increasing osci l la t ions.  
With the horn b a l a n c ~  the measured hinge-moment factora were a s  indicated 
by the goint on the chart, The f a c t  ffmt this point is not f a r  from the 
c o n s t a n ~ l i t u 0 e  oacilJation boundary explaina why a t  low speeds tho 
dmpiag was l e s s  with rudder free than w$th mdder fixed. 

The decyease i n  d q i n g  with increase in airspeed fo r  the rudder- 
, f'ree condition is a t t r ibuted  t o  the  e f fec ts  of Mach rider on the hinge- 

moment parameters Ch,,, and (3%' Tests have shown that a s  Mach number 

is increased, both Chi and (2% might become more posit ive which 

would s h i f t  the point chart  towards a region of worse damping. 
Removing the horn balance' makes both Chy end ChR more negative and, 

the-efore, shifte the point-on the chart  ' t o  a region of greater damping 
of the oscille,tion. This explains the improvement noted i n  the f l i g h t  
t e s t s  when the horn balmce was removsd. The current trcnd of a i q l m e  
design which leads t o  intent ional  selection of a low Cb and a posi t ive 

ch* 
io such a s  t o  invi te  snaking o r  poorly w e d  osci l la t ions,  It is 

therefore important t h a t  the damping character is t ics  be checked bg 
calculations and t h a t  due allowance be made f o r  the e f fec t  of Mach 
nuuiber on the hinge-moment . . peramters.  

A l t h o ~ h  the rudder hingo-moment character is t ics  appear t o  have a 
very impo-rtant effect on making osci l la t ions,  other fac tors  a r e  undoubt- 
edl;r involved in mimy cases. For example, fue l  sloshing has i n  some 
oases a~pea red  to make the snaking motion worse, and such f ix to r s  a s  the 
air flow a t  the tail-fuselage juncture and the wanf3ement of the t a i l  
pipe i n  the f'uselwe he-ve been shown t o  affect snaking, Even when none 
of these factora are involved, an a i c l a n e  might exhibit snaking i n  
the rudder-fixed condition just  because the danrping of the Dutch-roll - 
osc i l la t ion  is weak. This d g h t  be the reaeon f o r  the snaking e ~ e r i -  
enced with the XS-1, The f a c t  that i n  h i g h p e e d  f l igh t ,  the f i s e l q e  
(and thue CEe principal ldngf tkd3nal a x i s  of i n e r t i a )  l a  more nearly 
alined with the r e l a t ive  wind w i l l  tend t o  make the Dutch-roll osc i l la t ion  
dampix worse than a t  low speeds. 

The discussicn presented so f a r  has indicated some of the design 
conditions tha t  must ba avoided if sat isfactory l a t e r a l  s t a b i l i t y  
character is t ics  a re  t o  be obtained'. In general, it has been found 
t h r o w  experienc_e tJith models i n  the Langley fYee-flight tunnel t h a t  
f l i g h t  cheracter is t ics  can be predicted through .solutions of the equa- 
t ions of motion, provided suff ic ient  inf'ormation io a t  hand regarding 



the mess character is t ics  of the models and the v d u e s  of the  s t a b i l i t y  
derivatives. 

The theoret ical  s t a b i l i t y  derivatives given f o r  unmopt wings i n  
reference 12 havs generally been Pound t o  be adequate. The use of weep 
m y  a f fec t  the valuas of some of the derivatives a ~ p r e c i a b l y  howevsr; 

. and, i n  general, the aveileble rigorous theoriee applicable t o  swept 
' wln3s are  tco cumbersme t o  be used for  the p r e y r a t i o n  of charts silnilar 

t o  thcse aiven f o r  unswept wings In refercnco 12. Pnalyses of swept- 
wing data, such as those Gven in reference 13, have indicated t h a t  
through einple geometric conolderatione, correction fac tors  nay be 
derived t o  account f o r  the effects  of sweep. When these f ac to r s  a re  

. a m l i e d  t o  rigorous theoret ical  values of the derivatives of unswept 
wiws, reasonably re l iab le  derivatives f o r  swept wings may be obtained. 
Such fac tors  have Seen derived for  the various derivatives and a re  given 
in reference 14. Some sempls c h u t e  bessd on the metnod of reference 14  
a re  sho~m i n  f l m e  7. Those charta i l l u s t r a t e  trends result in^ f'rom 
the effects.of sweep on some of the  importent s t a b i l i t y  derivatives of 
w l q s  having a taper r a t i o  of 0.5 and no d ihedrd .  

Perhaps the greatest  effect of swoep i s  on the effective-dihe&al 
derivative 4 2  . It should be noted that for  d l  aspect r a t io s ,  a 
e v e n  angle of &reeeelbach mag. ryeult  in  high positivr, effect ive dihedral; 
whereas, the scum w l e  of s~ieepforward may r e s u l t  i n  l i t t l e  o r  no 
negative effect ive dihedral. This is caused bj thlj f a c t  that, although 
the increment of Czg r e su l t in3  *om swesp does not varJ t o  any 1ar.p 

extent with aspect ra t io ,  tha value of 4 f o r  unswept wings increase6 
I., 

rapidly as the aspect r a t i o  decreases. 
: 

The appr&imate method of calculation indicates tha t  the damping i n  
r o l l  CZT, is reduced by sweep, but  thls effect  g e n e r e l l ~  i s  not large 

L. . .,.. - .  . . 

except f o r  r i l a t i v e l y  high aspect rat ioe.  ' & thi. connection, it mi;ht 
be mentioned tha t  the effectiveness of ailerons,  which occupy a given 
portion of the wing myface, i s  found t o  decrease w i t h  meep more -- 
rapidly than tho  dmping i n  r o l l .  If it i s  desired, therefore, t o  meet 
the usu% rollin,!! c r i te r ion  of a s3ecificd.value of the wing-tip he l ix  

' ' -6 &, iithsi. la.rzer..aiXerbne o r  Epaater dcfl3ctione m e t  bo pr* 
vided as the meep angle is increased. 

Sweep causes amreciable increases i n  the q i t u d e e  of the dcriv- 
, at ives  of yawing momsnt due t o  l o l l i n g  C,_ and ro l l ing  m m n t  due t o  

d 
Yawing CL. This is i n  contrast  t o  the reducticns noted f o r . t h e  value 

. . 
of C; & usually found' for t$e ~ f d c u n e  slope % . 

3 ' :  OG 



Experimental determinations of the ves.ious stability derivatives 
have been made for a large number of wiilgs through the use of the rolling- 
and curved-flow equipment of the Langley stability tunnel. In general, 
the test results have substantiated the trends shown by the charts. The 
data have indicated, hawever, that under eome conditions, the calculated 
valuee of the derivatives may apply to only a lfdted lift-coefficient 

- r q e .  This fact is iU.ustrated by figure 8 which shows coiiparisons of 
experimental end calculated values of the derivatives -CZg, Clp, and 

Cnp for an untapered 45* meptback wing of aspect ratio 2;6. The testa, 
which were made at a Reynolds number of about 1,400,000, are reported in 
references 15 qnd 16. 

For this case, the initial elopes of the derivatives against lift 
coefficient are in fairly good agreement with the slopes indicated by 
the calculations. The date, bogin to deviate from the initial slopes, 
however, at a lift coefficient of about 0.3, end the deviations become 
very important at high lift coefficients. Under these tast conditions, 
the rolliw moroent due to eideslip =d the rolling moment due to yawing 
decreased to about zero at m a x i m  lift. The yawing momant due to rolling 
reversed its sign at 4 lift coefficient of about 0.7, so that at high 
lift coefficients the derivative CPp m i g t t  be regarded aa favorable 
rather than unfavorable as is normally expected. This can have an 

- important effoct on controlla3ility at high lift cefficients. Free- 
flight-tunnel tests of models with positive values of Cnp have indi- 
cated that tho favorable yaw makes it possible to obtain good lateral 
flying characteristics without the neceesity of coordinating the rudder 
with aileron control. 

The deviations of the eqerimental data A-om the initial slopes 
probably result from tip etalling since rolling- and jawing-moment deriv- 
ativee are affected primarily by flow conditions at the tips. An indi- 

CLZ? catlon of partid stalling is given .by the rise in the quantity CD - nA 
which represents that part of the wing drag which is not ideally asso- 
ciated w i t h  lift. For convenience, this quantitx wiJ.1 be referred to as 
the "drag index," For the case of a sweptback wing withou€-Zevices which 
tend to delay stalling at the w i n g  tips, such ao vanes, leading-eQe 
flApe;-'ai. ~Iots-, the drag Wac id. found to rise at about the lift 
coefficient at which the derivatives Clp, Czrr and Cnp begin to deviate 
from the trends estcblished at low lift coefficients. 'hen devices which 
delay tip stalling are used, the drag index may not be a t n e  indication 
of variations in dsrivatives, however, for it may rise because of sepa- 
ration of flow from inboard parts of the wing which would not greatly 
affect the rolling- yawing-moment derivativee. For plain sweptback 
Kings, however, it appears that the drag index might serve as a basis for 
yredictlng the lift-cocfficient range over vhich the calculated character- 
istics mi~ht be expected to apply under specific conditions. A n  



important application of the &%-index concept is i n  the pred.iction of 
Reynolds number effects  on derivatives such aa C% and Czr which can 

be deterxined only w i t h  specid. equipment whlch normally i a  not available 
' i n  wind tunnals Capable of making t e s t s  a t  high Re;molds numbers. 

Figure 9 shows the effects  of Reynolds number and of wing rougwess 
on the e f f c c t i v W h e d r a l  derivative -CZg an4 on the dreg index f o r  a 
40' sweptbaol. w i n g  with an n?CA 641-112 a i r f o i l  section. These r e su l t s ,  
taken from roference 17, are  f'-.ron t e s t s  made i n  the La@ey 1 F f o o t  
$mesure tunnel. Large effects, of Reynolds n u d e r  were noted when the  
wing surface was smooth; fo r  exanyle, a t  a Reynolds number of 5,300,000, 
the derivative -Czg increaaed,linearly w i t h  l i f t  coeff ic ient  almost 

u n t i l  nmximm l i f t  iras attained, and the drag index showed very l i t t l e  
change .with l i f t  coefficient.  .4t a Reynolds n~uxiber of 1,720,000, how- 
ever, the derivative -Czg began t o  deviate from i ts  in i t i a l  trend a t  

a l i f t  coefficient of about 0.5, and the drag index shoved an abrupt 
r i s e  a t  the 'same lift coefficient. Results obtained a t  a high Reynolds 
number, fo r  the wing with roughness a t  the leading eMe, were very 
simfle3. t o  r e s u l t s  obtained a t  a low Reynolds number fo r  the wing with 
a moo* surface. The drag index again indicates the presence of t i p  
stalli- f o r  t h e % l a t t e r  two cases but l i t t l e  or no s t a l l i n g  f o r  the  
&oth wing a t  a high Reynolds number. It might be expected therefore 
that i n i t i a l  trends of the derivatives (2% and Czr a lso would pe r s i s t  

t o  a high lift coefficient fo r  the care ofqthe amooth vlng a t  a high 
Reynolds nuniber. 

The s h a p  of the wing 7rofiPe mar, under some conditions, have 
large ef fec ts  on l a t e r a l  s t a b i l i t y  chaxacteristicd. Figure 10 shows 
camparisone of r e a t a  obtained on the effective dihedral derivative 4 P 
for smooth wings having NACA ax-112 and circular-arc a i r f o i l  sections. 
The t e s t s  (reference 181 wers nade' a t  a Reynolds number of 5,300,000, 
which i s  the higher of the two values referred t o  i n  the precedirq figure.  
With f lags  off,  the curve f o r  the mACA a1-112 a i r f o i l  is the same as 

p 

given before. The values of 4 fo r  the c i r c u l a r e c  a i r f o i l  begin 
2~ 

. . $Q. deviate ..fS.oq their tr%nd a t .  a very. low 1st coeff icient ,  
yrobably becauss the tendency of eweptback w l q s  t o  stall a t  the t i p s  
is wgravated through the use of an a i r f o i l  with a sharp leading eQe.  
With lead---edge m d  trailing-edge f laps  deflected, the derivative 4 

2 P 
continued t o  increase ahmet  l inear ly  with lift coeff icient  u n t i l  maximum 
l i f t  was approached, regardless of the a i r f o i l  section. It appears t h a t  
the wirq shmac te r i s t i c s  a re  determined largely by the contour of the 
leading-eue f l a p  an& . that the basic a i r f o i l  section hes very l i t t l e  
influence when the leading-eQe f l ap  i s  deflected. Since the  leading- 
edge f l a p  tends t o  delay t i p  stalling, it i s  probable tha t  the 



c, and 
derivatives also would ehew trends similar t o  tha t  

zr 
indicated for  4 =P. 

The discussion given so far  has deal t  iargely with the more rnrportant 
. effects of swee? on characteristics tha t  are of particular intereet  a t  

low speeda. In the design of a complete airplane, additional factors, 
such as  the effects  of the fuselage, or the s ize and location of the t a i l  
surfaces, must be consfdered. m s r i e n c e  has indiceted thet the effects  
of these additional factors on the various rotarg-etability derivatives 
end on the e t i e c t i v d h e d r a l  derivative -Czg can be accounted fo r  i n  

much the &-same manner that has been used fo r  cbnventionaltiircraft designs. 
Particular attention should be paid, however, t o  the possible adverse 
effect  of swapt wings on directional s t ab i l i ty  near wxixmnn l i f t .  It i s  
not yet possible t o  select  ? i t h  any degree of certainty a configuration 
tha t  w i l l  have s a t i s f ac toq  directional a tabi l i ty  character2stics a t  a l l  
lift coefficients, but it generally has been possible t o  co~rrect an 
undesirable'conditicm in the course of wind-tunnel d e v e l o p n t  tes ts .  

Very l i t t l e  theoretical or experimental information regarding 
subsonic compressibility ef lec ts  on the lateral-s tabi l i ty derivatives 
is available a t  tho present time. Results of t ea t s  made on one model 
in the Langley hi@--speed 7- by 1CLfoot tunnel are shown i n  figure 11. 
The t ea t s  included determinations of the derivatives ha, -CZa, and C ZP 
t h r o w  a: r q e  of Mach number. The model configvration-used i n  the 

- 

determination of C was sl ightly different from tha t  used i n  the 
'lp 

determinations of and -Czg. The compressibility effects  on these P 
derivatives were found t o  be very small for  Mach numbers below 0.82. A t  
higher Mach -numibere, the directionel--&ability derivative C, increased, a 
probably bidai~se, wfth the mdei  in sideelip, the- c r i t i c a l  Mach number of 
the leading-wing panel was exceeded and, consequently, the drag of the 
leadlng-wing panel increased. A t  an aryjle of attack of 6' the effective- 
dihedral derivative 4~ decreased as the Mach number exceeded 0.32. 
Thi s  probably resul ts  from a loss I.n l i f t  on the leading-wing p n e l  as  

. . i t s , c r i t $ca l  Mach number i a  exceeded. The &anping-in-roll derivative C 

showed no abrupt change through the t e s t  range of Mach number. 
z~ 

The problem of l a t e ra l  behavior a t  transonic sp?eds, extendiq  
through a Mach n W e r  of 1.0, is  now 3eing investigated by reems of 
fiee-flight roclet  models, ljut resul ts  are not yet  available. Several 
theoretical investigations which apply t o  Mach numbers of about 1.2 md 
above have been completed or are i n  progress. The case of the super- 
eonic derivatives of triangular wings already has been covered rather 
completely in reference 19. The method8 used i n  reference 19 are now 



being extended "notched" Mangles, or swept wing8 with zero taper 
ratio. Inveatigatione of unswegt rectangulaz wings ale0 axe underwar. 

In sumazizing, it might be said that progress is being made in the 
. determination, of the stability derivatives for swept and low+ispect- 
.ratio airplace configurations; and it appears that by using the proper 
stability derivatives with exiotirg theoretical methods, the la$eral 
stability characteristics of high-apeed airplanes can, at least quali- 
tatively, be predicted, 

6 
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Figure 1.- Stability chart for a general research model tested in the 
Langley free-flight tunnel (CL = 1.0). 

Figure 2.- Effect of damping in roll on the lateral stability of a high- 
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Figure 3.- Effect of wing incidence on the lateral stability of a free- 
Nght-tunnel research model (CL = 0.6). 

1 / TANKS OFF qk 
Figure 4.- Effect on the lateral stability of the change in mass 

distribution caused by adding wing-tip tanks (CL = 0.7). - 
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F'ig&e 5.- Time histories of the lateral oscillations of a conventional 
attack airplane. 
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Figure 6.- Period and damping of the lateral oscillation and calculated 
rudder-free stability boundary for conventional attack airplane. 
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Figure 7. - Lateral -s tabUty derivatives calculated by apprordmate 
theory for swept wings with taper ra.Ko of 0.5. 
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Figure 8. - Comparison of experimental and calculated lateral -s tability 
derivatives. 
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Figure 9. - Effect of Reynolds number and wing roughness on rolling 
moment due to sideslip. 
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Figure 10.- Effect of airfoil section and flaps on rolling moment due 
to sideslip. 
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Figure 11.- Effect of Mach number on lateral-stability derivatives. 
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LOW-SmD KLIGEF INVESTIGATION OF AN AIR- 

WITB SWEPTBACK W I N G S  

W e  H. Pllillips 

Langley Memorial Aeronautical Lab-oratory 

Same of the s t a b i l i t y  parameters of eweptback wings a re  con- 
siderably different  from t h o ~ e  of conventional s t r a igh t  wings. In 
order to  determine how these different  s t a b i l i t y  parameters wocld 
affect the low-+peed f ly ing  qual i t ies  of an airplane, the Navy 
early i n  1946 authorized the Bel l  Aircraf t  Corporation t o  modify 
two P-63 airplanes t o  incoqora te  ewoptback wiws. The f i r s t  
f igure shows a drawin& of the modified airylane, which i s  d~s igna ted  
the Lr39 airplane. The outer w i x  panel& are  swept back 35 d o n 8  
the quarter--chord l ine .  T b  center sectLon, containing the cooling 
a i r  intakes, is l o f t  unchanged. The aain landing gear of the 
6 3 9  a i r j~ lane  is fixed. The t a i l  was lengthened a f t e r  preliminary 
f l i g h t  t e s t e  a t  the Boll Company, p&&y t o  increase the direct ional  
s t a b i l i t y  'but m i d y  t o  a s s i s t  i n  g e t t i i x  the t a i l  d o n  f o r  lending. 
The wing l ead ln~ ;  edge i s  mde  of wood and may be modified t o  incor- 

'porato fixed s l p t s  covering various portiona of the Epan. Because 
of the fixed landing gear and the s t ruc tura l  f e a t w e s  of the win& 
the a m l a n e  i s  r e s t r i c t ed  to  an indicated airspeed of 250 d l e s  
per hour. Aleo, because of the f~melage modifications, the s ides l ip  
angle is  r e s t r i c t ed  t o  f a i r l y  small values a t  high speeds. I n  a l l  
caees except those noted, the extension on the ventrel  f i n  shown 
i n  figuro 1 was ins ta i led  f o r  the f l i e h t  t e s t s  reported herein. 
Gome t e s t s  were made with this extension removed, however, t o  give 
a condition of reduced direct ional  s t a b i l i t y .  The f l i g h t  t e a t s  
made by the INCA and reported i n  t h i s  paper were ell made with the 
first 6 3 9  airplane, which inconora tes  conventional a i r f o i l  sections, 
designated NACA 66, 2x116, a = 0.6 manured perpendicular t o  the 
quarter-chord l ine .  Tests mde by the Bell  Aircraf t  Corporation 
on t h i s  a i e l a i ~ e  befor+ the NACA in-restigation are  reported i n  
reference 1. The second L-39 air?lane had a pointed leading eQe, 
simulating a circular--BTC a i r f o i l  section 14.3 bercent thick. Thls 
airplane was tested by the Bell  Company 5ut has not been flown by 
the NACA., 

Tests have been made of a 0.22-scale model of the 6 3 5 ,  a i r ~ l a n e  
i n  the Lamley 7- b:,~ 10-foot tunnel, so  the t  a comparison between 
the small-ecale wind--tunnel resu l t s  and the f l i g h t  r e su l t s  io  
possible . 

Measurements of the longitudinal- and l a t e r a l 4  t s b i l i t y  charac- 
t e r i s t i c ~  and s t a l l i n g  character is t ics  have been completed with 
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. . 
three e l o t  arrangements. These .s lot  configurations w i l l  be referred 
t o  as the 0, kbpercent,  and &percent span s lo t s .  The 40-percent 
span slots covered 40 mrcent  of the span of the swegtback outer 
panels, s t a r t ing  a t  40 percent of the span and extending out t o  
80 percent of the span. The &&percent span s l o t s  extended from 
20 percent of the span t o  the t i p .  These s l o t  arrangsments are  
shown in the f i r s t  f igure.  

'All t e s t s  were made with power off, decause it was f e l t  t ha t  
the r e su l t s  woul2 be of' most in t e re s t  f o r  application t o  Jet- 
progelled a i r c r a f t  where sli2stream e f fec t s  would be absent . 

The main item of in t e res t  i n  connection with the longitudinal 
s t a b i l i t y  of a sweptback-wing airplane is the s t a b i l i t y  a t  low 
speeds near the stall, became wind-tunnel t e s t s  of  many swept-- - back configurations have shown i n s t ab i l i t y  a t  high l i f t  coefficients.  

The longitudinal s t a b i l i t y  of the G 3 9  a m l a n e  was investigated 
by recordihg tho elevator angles a d  forces I n  steady f l i g h t  a t  
various speeds with two center4f-gravi ty positions, 20 ar?d 26 per- 
cent of the meau aerodynamic chord. The r e su l t s  of these t e s t s  a re  
presected in d e t a i 1 . h  reference 2. Figure 2 shows the veriat ion of 
elevator angle with speed fo r  tb f l a p s - d m  condition with the 
three a lo t  configurations, with the center of gravity a t  26 percent 
of the mean aerodynamic chord. A negative slope of t h i s  curve, 
corresponding to  a larger  u r n l e v a t o r  angle fo r  t r im a t  lower speed, 
represents a s table  condition. 

The resu l t s  presented show tha t  without s l o t s  the s t a b i l i t y  
becams neutral  near tfie stall. The s t a l l  occurred a t  the minimum 
speed plotted. The s t a b i l i t y  waa large i n  the normal-flight range, 
where the neutral  point was a t  about 42 percent of the mean aero-- 
dynamic chord. The decrease i n  s t a b i l i t y  close t o  the s tal l  was 
not objectionable t o  the pi lot ,  because the elevator angle and 
e t i ck  force variations did not become wrstabls. There was a s l igh t  
nosing up tendency a t  the s t a l l  but t h i s  could easi ly  be controlled 
by application of down elevator. In  an airplane with a ~n ia l l e r  
degree of s t a b i l i t y  i n  the normal f l i g h t  range,, this mcch loss  i n  
s t a b i l i t y  would r e su l t  i n  more serious ins t ab i l i t y  a t  the s t a l l ,  
which would probably be very objectionable t o  the p i lo t .  Teats 
could not be bade with a more rearward center4f-gra-ri ty posit ion 
i n  the 6 3 9  airplane because of the posit ion of the main landing 
Gear. 

I - Tlx use of s l o t s  reduced the tendency toward ins t ab i l i t y  a t  
tho stall. The s l o t s  also improved the s t a l l i n g  character is t ics  
so t h a t  t he  airplane could be controlled t o  some extent In  f l i g h t  
beyond the stall. I n  this case the elevator had t o  be pulled up t o  



prevent the  a i q l a n e  from pitching down when it was i n  a p r t i a l l y  
s ta l led  condition. This ~ I m r a c t e r i s t i c  is slmwr, by tbe low-speed 
end of the curves in f igure 2. Tht? pitching ~ozilents beyond the 
s t a l l  were, therefore, stable with f laps  down when the s l o t s  were 
employed. 

The longitudinal a t a b i l i t y  w i t 3  flagu uy was good a l l  the way 
to  the s t a l l  with any of the s l o t  configurations. Th2 tendency 
toward neutral  s t a b i l i t y  a t  the s t a l l  we3 not presetit i n  t h i o  cese. 

Tuft studies show~d tha t ,  with flay up, the wing of the 
L-39 airplane s t a l l ed  f i r s t  a t  the root, pro3ably because of the 
leading-edge a i r  intakes and the design of tlm wing-fuselage 
juncture. This root s t a l l  occtmed even witilout s l o t s  i n  the wing, 
and r~robably tenCed t o  r e & ~ c a  tke'unstable pitching tendencies 
a t  the s t a l l  bv yeducin@ the do~mwaeh a t  the frorizoiltal t a i l  a t  
hieh lift coefficients.  With f iaps  dotm, tile i n i t i a l  stall d i d  
not occur a t  the root.  

The lilost a ~ g a r n n t  difference expected between the l a t e r a l  
s t a b i l i t y  characteristLcs of sweptback and s t ra ight  win@ is the 
large increase i n  dihedral e l f ec t  with l i f t  coefficient f o r  the 
swe~tback wlng;s. The dihedral effect of an a m l a n e  is f e l t  by . 

the p i l o t  by the anoumt of ai leron e w l e  required t o  maintain 
equilibrium i n  s idesl ips .  The character is t ics  of the L 3 9  air-  
plane i n  steady s idesl ips  a re  shown i n  fig=e 3. More corplete 
data on the l a t e r a l  and direct ional  s t a b i l i t y  cluracter is t ico 0.' 

t3e 6 3 9  airplane are given In  refarence 3. This f igure ahows the 
t o t a l  a i leron a w l s  and rudder .mgle as a function of s ides l ip  
angle f o r  various values of the airspeed. The variat ion of rudder 
angle with s ides l i2  angle was essent ial ly  the same f o r  all speeds. 
A t  the hi$lest apeed tested, 235 milee per hovr, a smll amount 
of l e f t  a i leron an@e was required i n  r igh t  s idesl ips ,  indicatinp; 
a s l igh t  n s a t i v e  dihedral effect .  As the syeed was decreased, 
the dihedral e f fec t  hecame posit ive and- reached a large posit ive 
value a t  110 miles p r  hour, the lowest speed tested. A t  this 
speed, f u l l  a i leron deflection was required Lo hold a s teadj  side- 
s l i ~  with onlJ 8@ rnader deflection. Even higher Cihedral e f fec t  
wae obgerved in the flags.+.own condition because of the higher l i f t  
coefficient which could be reached. The dihe&al character is t ics  
In  the flaps--up coni.ition fo r  various slot, configuratiors are 
summarized i n  figure 4. This figure shows the variation of ai leron 
angle with s ides l ip  as a function of ncrmal-force c o e f f i c i e ~ t  f o r  
the three s l o t  configurations tested.  The ef fec t  of s l o t  con- 
figuration. is  not great, but a sliCjhtly greater  var iat ion of 
dihedral e f fec t  with normal-force coefficient was obtained with 
the EO-~ercent sgan s lo ts .  



Some question has a r i ~ e n  as t o  the  a b i l i t y  of omall+cale 
wind-tunr~l t e s t s  t o  predict the che;t.acteristics.of sweptback 
wings. In order t o  obtain a conlyerison between the f l i g h t  and 
wind--tunnel measurements of dihedral effect ,  the airplane was 
flowa with known as;nmnetric loadiigs so t h a t  the s ides l ip  a%le 
required t o  ba l t ice  a given ro l l ing  moment could be rcsaeured. 
The variat ion of rolling-moment foeff ic ient  with s ides l ip  

C l g  
- as a function of nomal--force coefficient f o r  t5e condition of 

%percent s?an s l o t s  is sham i n  f igure 5.  The wind--tunnel 
measurenents are  also shown i n  t h i s  figure.  The small-scale 
wind--tunnel r e su l t s  s h ~ ~ i e d  so~cewhat smaller v a l ~ e e  of effect ive 
dihedral than the fl ight-test  resul ts ,  though the trends are 

. similar. The f l i g h t  r e su l t s  always ehowod an increase of C z ~  
all the wa3. t o  the s t a l l .  It should be noted tha t  the maximtun 
value o l  CIa  was about -4.006 per degree, a value corres2onding 

t o  30' eff  eciive dihedral i n  a s t ra ight  wing. 

It had been ex-?ected tha t  the large dihedral e f fec t  obtainsd 
with a sweptback w i i q  night lead t o  oEjectionab!-e or dangerous 
f lying qual i t ies .  'i'he p i io t s  of the 6 3 9  airplane, however, did 
n6t consider any of the f lying qual i t ies  cawed by tho large 
dihedral t o  be dangerous or  objectionable. Theg had O&J minor 
objectione t o  a few characteristics.  The main d i f f i cu l ty  was 
the considerable reduction i n  ro l l ing  veloci t ies  which c o d &  be 
reached i n  r u d d e ~ f i x e d  ai leron r o l l s  as a r e su l t  of the conbined 
ezfects of the dihe&al and the s ides l ip  develo?ed during the r o l l .  
The maxhxu value of pb/2V obtainable i;l r o l l s  a t  s:jeeds a p y o a c h i q  
the s t a l l  with f l a p  down was 0.035 radiane aa comgared with the 
value of 0.07 which is  considered t o  Se the ninimm f o r  sat isfactory 
flyi.ng qualities. Also, it w a s  noted tha t  a t  low spaeds the ro l l ing  
response was oecillatory; t h a t  is, the ro l l ing  velocity following an 
abrupt deflection of the ailerons would build up t o  a maximum and 
then f a l l  off t o  zero or  even reverse, then build up again. 

Although i n  l and iw approaches and landings use of the rudder 
produced lerge l a t e r a l  trim ~:hewes, this clmracteristic was not 

. . considered dangerous. The p i lo t s  considered tile s l igh t  negative 
" dthedi'al ef fec t  present st l o w n m l ~ f a r c e  coefficients t o  be nrore 

o'l;.jectionable tlznn hi@ dihedral ofrect ~ r e s c n t  a t  high norzwl- 
force coe2ficients. The negative dihedral e f fec t  leads t o  an 
i l l og ica l  t , ~ ? e  of control because . the roUFng veloc i t j r  due t o  rudder 
deflection is i n  the  wrong direction. This is  pertic:darly ob.jec- 
tionable t o  the y i lo t  i f  the airplane changes i ron  a condition of 
high poeitive t o  negrtive diiledral, so tha t  he cannot became 
accustmed t o  e i ther ,  It appears from these t e s t s  t ha t  i n  the 
design of swe~t'oack-wing airylanes, the use of negative geometric 



dihedral t o  reduce the e&ctive di11edra.l a t  high l i f t  coefficients 
ahould not be carried t o  tlm point of prod~lcing negative effect ive 
dihedral a t  low l i f t  coefficients. 

Another feature of streptback-wing airplanes which it was 
t h o a t  might prove undesirable was the possibilitjr of goorly 
dmyed l a t e r a l  osci l la t ions.  The time history of a l a t e r a l  
osc i l la t ion  of the L-39 airplane s ta r ted  b,v abruptly deflecting 
and releasing the r:dder is shok3 i n  f iw e 6 .  In t h i s  case the 
ventral  f i n  extension was renioved. The l a t e r e l  o sc i l l a t ion  a t  
tiis speed had a period of aboct 5 seconds and requill3d 1.5 cycles 
t o  damp t o  half anplitude. The oscillztiona were sa t i s fac tor i ly  
danped i n  t h i s  case altho- the ro l l ing  mt iona  associated with 
the osc i l la t ion  were re la t ive ly  lerge i n  com:~arison with those of 
conventionai a i q l a n e s .  The a l l o t  had no objections t o  the l a t e r a l  
~ ~ ~ i l l a t i o i l s  because he could easi ly  control them. The type of 
control motions use6 i n  recoverdf Trom an osc i l l a t ion  is shorn i n  
t i w e  7. It is shown by t h i s  figure tha t ,  followirg an abrupt 
rudder kick, the alrplane ro l led  35O and s ta r ted  t o  re turn  t o  its 
original  attitwde. A s  it was returnin& the p i lo t  eppliod coordinated 
r ~ d d e r  and ai leron control t o  bring the a i r p l ~ n e  t o  the leve l  a t t i tude 
and then a- plied a small amount of aontrol i n  the opposite direct ion 
t o  prevent overshooting. The speed a t  which the osc i l la t ion  dampd 
.out indicates tllat an osc i l la t ion  of such a long perlo& is not 
l ike ly  t o  cause any diff icul ty ,  even if  it should be poorly damped 
o r  undamped. 

The agplication of the r e su l t s  of the L+-59 t e s t s  t o  airplanes 
of higher wing loadirg or  different  s i ze  w i l l  be considered br ief ly .  
The Qnamic-stability character is t ics  of an airplsne of simllar 
tyge w i l l  be tile same if the value of the r e l a t ive  density fac tor  p 
is the %ma. For t he  6 3 9  airplane, the value of p (based on 
wing span) was 14. An appro xi mat el^. equal value or' p m i g h t  be 
obtained on a larger airplane with higher wim loading. I n  t h i s  
case, the dam2ix-g character is t ics  of the l a t e r a l  osc i l la t ions  i n  
terms 02 the n~mber of cycles t o  damp t o  half amplitude would be 
the sane a t  a given lift coefficient,  but the period of the oscil la- - 
t ions would be incrsased as  the square root of the l inear  dimension. 
It would )?.expected tha t  the p i lo t  would have l e s s  d i f f icu l ty  i n  
controllin6 these osci l la t ions tKan 'those of the 6 3 9  airplane. If 
the airplane had the sane s i ze  as  the L-39 but a heevier wing 
loading, or flew a t  a higher a l t i tude ,  the value of p would he  
increased, A s  a resu l t ,  the damping of the l a t e r a l  osci l la t ions 
would i)robabl:r be decreased bat the period of these osci l la t ions 
i n  f l i g h t  at a given l i f t  coefficient would be the sale .  A s  
meptloned previously, reduced damping would p b a b l y  not be serious 
for an osa i l la t ion  of t h i s  psrgpd. 



The 6 3 9  r e su l t s  give a good iadication of the amount of' 
direct ional  stabiLity tha t  should be p*ovided on en airplane with 
sweptback wings. With the ventral  f i n  instai led,  -the valwe of C~ 
a t  high l i f t  coefficients was 0.00195 yer d e s e e .  With t h i s  mount 
of direct ional  s t ab i l i t y ,  the character is t ics  were f a i r l y  satisfactory, 
as noted ?reviously. This value is about twice tha t  usually present 
i n  conventional straight-wing f ighter  a l r ~ l a n e s .  With the ventral  
f i n  'extension r e m v ~ d ,  the  value of was about 0.001 per dagree . 
I n  t h i s  case, the p i lo t  cor-sidered the eirplane d i f f i c u l t  t o  f l y  
because &the  larga l a t e r a l  t r im changes produced i n  any maneuver 
when imidvertent sideslipping occurred and because of the reversal 
i n  ro l l ing  veloci t ies  i n  ivdder--fixed ro l l s .  I n  the case of the 
,L.39 airplane, with the' f i n  extersion remved, the var iat ion of 
rudder angle with s ides l ip  i n  steady e i d e s l i ~ a  was pract ical ly  
zero even though the direct ional  s t a b i l i t y  measured i n  the wind 
tunnel was comparable with t h a t  of a conventional airplane. Th3 
loss  02 s t a b i l i t y  i n  steady s idesl ips  is  c a u e d  5y the destabiiizirig 
e f fec t  of the  ai leron yawl= moments when the ailerons a re  deflected 

he - .. t o  of fse t  the high dihedral effect .  The g i lo t ' s  impression of 
directional s l a b i l i t j  i s  o3tained from the variat ion of rudder 

-angle with s iaesl ip .  I n  this case, therefore, the p i lo t  f e l t  t ha t  
the direct ional  s t a b i l i t y  was very small. 

A l q ~ e r  value of d i rec t ional  s t a b i l i t y  i s  therefore r e ~ u i r e d  
on sweptback-wing a i ~ l a n e o ~ t h a n  on straight-wing airplanes f a r  two 
reasons: F i r s t ,  t o  maintain adequate ai leron effectiveness i n  r o l l s ,  
aqd second, t o  of fse t  the des t ab i l i z iw  effect  of the ai leron yawing 
momenta i n  steady s idesl ips .  

. . Conplete studies of the s t a l l i n g  character is t ics  of the 
6 3 9  airplane were crade with f laps  up and f laps  down and with all 
s l o t  configurations. Without s lo ts ,  the s t a l l i n g  character is t ics  
were very undesirable. Figure 8 shows a time history of the ro l l ing  
velocity during a stal l  wit3 the f laps  up and no s lo t s .  Also shown 
f o r  comparison is a similar record obtained with the EO-percent- 
span s lo t s .  Without s lo ts ,  there was a small amout of s t a l l  
waz%l*ij;iven by preliminary motion 02 the airylane 'sut, a t  the 
s t a l l ,  the eirplane rol led abruptly because of almost instantaneous 

. a t a l l n g  of a camplete wing penel. With ei$her the b&percent or - 
80-?ercen.t-span wing s lo ts ,  the airplane perf orned increasing 
l a t e r a l  osci l la t ions a t  t5e s t a l l .  The s t a l l i n g  cllaracteristics 
were considered good with e i ther  the '++percent-- o r  the 80-yerccnt 
sgan s lo t3  instal led.  The r a t e  of increase of the osci l la t ions a t  
the' s t ~ l l  was considerably @-eater when tbe ventral-fin extension 
wae removed. 

. . .. 

In order to  obtain a compwison with the wind-tunnel rneesure- 
ments of the l i f t  character is t ics  of the 6 3 9  model, f l i g h t  



measurements of the angle of a t tack  of the 6 3 9  ajrplane were made 
during s t a l l  apyroaches. The angle of attacliwas neasured by Eeens 
of' a vane 1ocated.on a boom alteacZ 02 the w i n g  t i p .  The position 
er ror  of t h i s  Ins ta l la t ion  was detsrmirled by t e s t s  of a siitdlar 
vane on the wind-tunnel mde l .  A coc-~arison of the f l i g h t  and 
wind--tunnel nieasurements of the var iat ion of normal- force coefficient 
with a x l e  of a t tack is given i n  f i~u r3  9. These resu l t s ,  which 
are representative of a l l  the cordi t io~ls  - tested, show that the 
agreenlsnt bras &pod. 

The maximum llft coefficient of the 6 3 9  airplane without 
s l o t s  with f laps  up was 1.20 and with flapo down was 1.51. The 
original  P-63 a i r ~ l a n e  with the unswept wing had e s ~ e n t i s l l ~ r  the 
same values of maximum lift. Tho maxinun lift coefficiont 'of the 
L-39 airplano with s l o t s  ina+,alled was s l ight ly  l e s s  Lhan without 
s lo t s .  Tuft studies indicate tha t  t h i s  mexgected ef fec t  was 
caused 3y ~ e n a t x r e  separation of the flow inside t ke  inboar2 sad 
of the 810-t. With the  lain wing, the stall occurred abru-p tly 
over the whole wing a t  the same Instant and therefore s tsaqf  f l i g h t  
was possible r ight  up t o  the ~aximum l i f t  coefficient.  Vi th  tne 
s l o t s  instal led,  however, the preniature ~ e g ~ a t i o n  of flow near the 
inboard end of the elo* caused ro l l lng  and s i t c h i w  notions of the 
a i r ~ l a n e  so tha t  higher values of warn  l i f t  coeff ic ients  which 
mlght have been obtarned a t  hi& ~ l e s  of a t tack were not usable 
i n  steady f l i g h t .  

Though no NP.CA f l i g h t  t e s t s  have been mede on the second 
L-39 airplane with simulated circular--arc wing sections, a brief 
st- of the Bell  f l i g h t  t a s t  r e su l t s  mar be of i rkeres t .  No 
quantitative data f20m the Bell f l i g h t  t e s t s  are available, and 
these statements are  based on p i lo t ' s  coiiments. It was found tha t  
the longitudinal ins t ab i l i t y  a t  tlie stall wa3 somewhat worm than 
tha t  of the L-39 airplane with n o m d  w i n &  sections. The l a t e ~ a l  
etabil1Q:r characteristfcs were a k l l a r ,  but no measurements are 
available a t  high l i f t  coefficients.  The s t a l l i n g  characterTstics 
were &ood i n  that there was no tendency t o  r o l l  off a t  the stall. 
Flow separation s ta r ted  neer the l e ~ d i n g  edge of the wing a t  speeds 
below 120 miles per hour, and a t  140 n i l e s  per hour the fiow was 

. turb,ulent. over t* qntlre.upper. suq£'ace af the xiw. Coiltrol could 
$9 nkintained t o  110 d i e s  per hovr, resul t ing i n  a normal value 
of ma*:a l i f t  coefficient. The clrag was very high a t  low speeds, 
however, arld gower-off l a n d i ~ s  a t  low sgeeds were bailgerous Secause 
of the excessiveljr steep gliding angle and high sinking s2esd. 
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Exteneive f l i g h t  t e s t s  have 'been conducted a t  tbe h e s  Laboraton 
on the P-80A sirplane well  up i n to  the *ansonic range. 

I Pre~i0113 t o  the f l i g h t  t e s t e ,  a =-scale ~ o ~ ~ l  of the a m l a n e  
3 

~ 8 8  thom~gbly  teeted in the Amea 16-foot high-qeed tunnsl up t o  
a Mach ntmber of 0.85. Analyses of theoe t e s t  r e s u l t s  indicated tha t  
the airplane should posoesc satisfectozy a t ab i l i t y  and control 
charac ter i s t ics  up' t o  the imximm Mach number tas tad.  The basis  f o r  
this oplnion is the r e su l t s  shown in the first *,TO f i w e s .  

Fibnure 1 presents the elovator angle f o r  t r im in l eve l  f l i & t  
a t  20,000 f eo t  as  a function of Mach numBer . Tile so l id  cu rve  shows 
the r e s u l t s  based on the wind-tunnel t e s t s .  For p?qoees  of c ~ q a r i e o n  
the f l i @ t  tctet r e su l t s  aro  ebwn by the dasked c m e .  The tucking- 
under tendency as  indicated by the increase in LT-elevator an@e 
required above a Yich nmler of 0.70 was not considered serious since 
the p i l o t  r.muld presrrmably have mqle we3.uinf. Tne change w i t h  Mach 
number of the tucking =der was l ees  severs i n  f l i 9 t  than indicated 
from the wind--tunnel testa .  

Similarly in f i g m e  2 is shown the variation of required elevator 
w e  wtth acceleration factar  f o r  ~ a c h  ntrmbers of 0.80, o .S25, 
and 0 85. Thg m l i d  C I I r V 6 B  are based on the wlnd-tunnel r e su l t s  and 
the dashed cumea on f l i g h t  t e s t s .  Tnere was nothiw shown here , 

*ich would > r e a c t  a pitch-up. 

In sp i t e  of the reassuring nature of the ~.dnd-tunnel results and 
the careful mmner in trhich the f l i g h t  t e s t s  were conducted, a - 
condition was encountered d u r q  a dive a t  a Mac11 ntmiber of about 0 .a5 
*;ch produced a violent end inadvertent stall. This ?articular 
f e a h r e  of t h i s  afrplane remaha one ~f the major fac tors  which lMt 
operation of t h e  airplane t o  s t i l l  hi&er Mach nwdbcrs. 

Figure 3 shows a time his tory of some of the quant i t ies  evaluated 
during this dive. Tho lift coeff icient  rou,@ly follovrs the elevator 
motion up t o  about 13.25 seconds. A t  t h i s  point tho  l i f t  coeff ic ient  
rapidly began t o  increaee with anly a ~maU change i n  elevator w e  
and no ch-o in s t i ck  force.  



Reexamination of the wind-tunnel data  f a i l e d  t o  indicate the 
Cause of the ?itch-u? f o r  two reasons : 

(1) The strength o l  the nodel l imited the CL ..to n vclue 
of 0.40 a t  a Mach number of 0.85, which was a lower 
value , than the value eno ountsred during the 
pitch-up. 

(2) Tunnel c o ~ d i t i o n s  e t  the la rger  lift c o d f  ic lonts  end 
highest Mach numbers ;rere close t o  c h o l s ~ .  

Comblnlrq the data obtained durinx the dive with the wind-t.~?nnel 
r e s u l t s  did afford a p a r t i a l  solut ion t o  the g-oblem. The fuselage 
due t q  . i t8 hi* c r i t i c a l  Mach nmber k-as el-ated a s  a cau.se of 
the pitch-u-g. me wi% p r e s s ~ e  dis t r ibut ions mde during the CLve 
a lso  enabled tlle pitchirq-moment coefficient of 'be -3 t o  be 
eliminate& as  a cause. The s y w 5 s e  loadFn-~s E ~ ~ i v e d .  f rou  the 
pressuro measurements showed only a minor CYf2rsnce compared t o  the 
lower Mach ri~raber reoul ts  and therefore down?resh changes were ruled 
out. Lastly, the effects  ace t o  the s h i f t  Cis m&le f o r  zero lift 
of the w i q  rrere obtained from t h e  wlnd-tuzulol bta o 

Ih f igura 4 the total out-of-trim pitchins-mamor,t coeff ic ient  
of the airplane during the p i t c h - q  is e h m  vi th Cn as  the abscissa. 

. Also s h m  is the out-of-b-lm pitching-moment coefficient furnished 
by the negative s h i f t  i n  the w e  f o r  zero lift as the a i r ~ l a n e  
decelerated. The difference between these two c m e s  regresents the 
destabilizing iafluence that nust be attribv-ted t o  something other 
than the wing and fuselage. 

fn ordez t o  detennlsle whether the flow con&itions a t  the t a i l  
or  whether the ta i l  character is t ics  were reqons ib le ,  the isolated 
horizontal  tail was tes ted in the Arms 16-foot lll.&-s2eed tunnel a t  
the Mach num3ers and. over the w e  of attaci: and elevator angle 
range reached-during the dive. - 

The r e su l t s  8hot:ed lars:,o chan;;ea i n  effectiveness of the t a i l ,  
eepocially a t  the high elevator deflections encotultered i n  the diire 

A 4 T h  c h q e  in efiectiveness, p l u ~  the immersion of' the t a i l  i n  the 
wake a t  higher lift coefficients,  whicli tends t o  accentuate i ts  effect ,  
ascounto f o r  the unstable action of the airplane in the sv.11-up. 

On the l e f t  side of f i g r e  5 the varia-tioil of t a i l  ;>itching 
. moment has b o e ~  plot ted against the Mach number determined from the 

i so la t ed  tall t e s t a .  The elevator deflectidn, which was w e d  .in $he 
dive, ie 12O, and the taii a w e s  of a t tack w e e  those which ~ ~ o u l d  be 
encountered by the t a i l  in  the p o c e s s  of the p i t c h - u ~ .  



If it were presumed tha t  t h ~  prll-up were mace a t  s constent 
Mach number of 0.87 and thc t  m e  ta i l  operate& a t  free-stream Mach 
nmber, a crossplot along the ve r t i ca l  l i n e  a t  a Mach number of 0-87 
would give Wle t a i l  contribution to the pi tchins  sament, of the 
a m l a n e .  Tho r e s u l t  is  ahoTm by the so l id  l i n e  on the r i g h t  s ide 
of f i p e  5 v i th  the CTl of the ai-lane a s  ths abscissa. It can 
be seen tha t  the t a i l  contribution is etabiliz'ing- 

An esthxition bascd on wind-tunnel results of the wake location 
shown i n  f i p w  6 shows, however, t h a t  the tail was i n  all probability 
gassing in to  the ~.&e aa Cn increased. 

I n  the upper p a r t  d f i g r e  6 eketch'd represents conditions a t  
a lift coeff icient  (about  0.10j and the t a i l  is pract ical ly  out 
of the uake. Sketch B shot~s conditions a t  a lift coefficient of 
about 0.50, ma 31:etch C show3 conditions a t  e l i f t  coeff i c i cn t  
of 0.80 vhen the t a i l  tms ?re= into the m e .  %e lower par t  of 
figure 6 sho~m the values of qE/q and decrement in Mach nirmbsr a t  
the t a i l  carr?sponding to  the u;qer sketchos. Thvs as  the a i q l a n e  
lift coefficient changeC i " r ~  0.5 t o  0.8 a t  o constant free-stream 
Mach number, the ta i l  Mcch number decreaasd by 6bmt 0.08 . 

: 
F i p e  7 showe the effect  ah. t h i s  M?ch nlrmSor decrease on the 

t a i l  contribution to  .the -airplane' 2 i t c h I q  mhent .  
. . 

In t h i s  case a s  the normal-force coefficient Crr a t  a constant 
Mach number is increased a t  a c a n s t a t  Mach n~wbcr the values shown 
by the dmhed+cume BTB produced taking in to  account the decrease in 
Mach number a t  the tail. This resu l t6  in a t a i l  contribution t o  the 
airplene p i t c h l q  mcxnent a i c h  i s  neutral  o r  destabilizing above a 
lift coeff icient  of 0.7. 

Addiw thia  type of tailgitching-moment contribution 'co the 
change in +atin which occurred duo t o  the decreaeing Mach number 
dur- the dive ineans ea apparent in s t ab i l i t y  of the en t i re  a i r j l ane  
above a lift coof f icfent  of 0.5. 

- . . It i s  to be emphasized that tkia i n s t ab i l i t y  aid not ex le t  a t  
a l l  other elevator def lec  ti-. For e m l o ,  f i ~ l l r e  7 shows the 
r e s u l t s  of a similar analysis for an elevator rngla of 4.b0, which 
was required f o r  trim in l eve l  f l i g h t  a t  a Placlz n~rmber of 0.87. In 
t h i s  case tho inf'luence of the wake is considcra3ljr l c s s  h q o r t a n t  
and the t a i l  contribution is s tab i l iz ing  t h r o ~ ~ . ~ ~ o ~ t  the aq le-of -a t tack  
range. This accounts f o r  t h e  normal var iat ion of olsvator angle 
aaainst  Mach r;umber and elqvator angle q a i n s t  acceleration of 



gravity g over the l imited r q e  f o r  yrhich it was possible to derive 
these r e s u l t s  fron the t ~ c ? - t ~ m n e l  t e s t s  oi" the c w l e t e  model. 

Since the airplane i s  ~ n s t a b l e  a t  hi* Me.c:l nt.nibers,it becomes 
of in t e res t  t o  determine what r a t e s  of elevator res?ome are  reqv-ired 
of the p i l o t  t o  f o r e s t a l l  scch a pitch-up as did. occvr. By using the 
conditions' a t  the start of the gitch-ug, the clnanp in  the no- 
acceleration f ac to r  with t l m e  wm determined with various r a t e s  of 
elevator motion r ~ s i ~  a stcp-by-stw-3 solution of the equations of 
motions. 913 reslats are ehown in f igure 8. With nno time delay in 
the  p i l o t  resgonso a ra$e o f  e levator  motion or" 2P per  eecond 
wae suf f ic ien t  t o  >revent the acceleration bui ldirq uz t o  a s t a l l .  
W i t h  a querter-second t i m e  delay,  which is abowt t h o  beat responae 
which can be expected from a p i lo t ,  a r a t e  02 elevator motion of 
almost k0 per second %'Be needed t o  @event a staJ1. For time delayn 
much longer 1;5an a quarter of a second, the requ2rccl. r a t e s  became 
unreasonably lerge. Acttrally a :$lot responds to  e. change i n  
acceleration and since the pitch-up motioli a t  first pmduced only a 
emall acceleration c k q e ,  t h o  p i l o t ' s  resgonae tlme was quite long 
As a rssult, it is improbable that a p i l o t  w i l l  bs able t o  prevent such 
a stall.. 

The f a c t  t ha t  a imlanes w i t h  h i  e r  c r i t i c a l  M'~.ch nclnbers have 
exceeded Mach numbers of 0.85 o r  0.8 f? without s h i l m  s t a b i l i t y  and 
control troubles may merely i d i c a t e  poetpnernent 05 t h i s  c?eqer t o  
a higher Mach number. The necessity f o r  testing in tile transonic 
w@d. tupnels t o  higher l i f t  coefficients and larger elevator deflections 
is apparent. If this is not possible becatrao or" t he  l imitation of 
the  model or  wind tunnel, t hen  recourse can be a d s  t o  a study based 
w iaglated t a i l  t e s t s  and wake prof i les  similar to t h a t  &one i n  
this case, 



Figure 1.- Variation of elevator angle for trim in level flight at 
20,000 feet with Mach number. 
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Figure 3. - Time history of dive. 

Figure 4. - Out-of -trim pitcning-moment coefficients during pitch-up. 
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Figure 5.- Tail pitching-moment coefficient with large elevator 
deflection. 

Figure 6.- Estimated wake at the tail and the effect on local Mach number. 



Figure 7.- Tail pitching-moment coefficient with a modarate elevator angle. 

Figure 8.-  Effect of rate of response and time delay in preventing 
a stall. -- 
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FLIGET CHARACTERISTICS AT TRANSONIC SPEEDS 

I1 - F E E A R C H  A m  

By Walter C ,  Williams 

Langley Memorial Aeronautical Laboratory 

The A i r  Forces, the Navy, and the  RAGA have been engaged i n  a 
cooperative program far the development and procurement of a se r i e s  
of .research airplanes which would have potent ial  c h a e c t e r i s t i c s  
qeceesary far l eve l  f l igh t  i n  the traasonic- and supersonicspeed 
zones. Th$s program was undertaken i n  ant ic ipat ion of' the increased 
import$lnce'of f l i g h t  research i n  the transoniclapeed range, vnere the 
aerodgPamic character is t ics  of airplanes were kncwn t o  show large 
and sudden changes. The range of airplane configuration8 f ly ing  o r  
under construction include straight-wing t a ~ e s  with conventional 
a i r f o i l  sections, straight-wing types with a supersonic a i r f o i l  
section, sweptbacbwing typee, and t a i l l e s s  sweptback-wing t n e s .  
The manufacturers involved a r e  Bel l  Aircraf t  Corp., Douglas A i r -  
cra f t  Co., and Northrup Aircraft C o r p .  Two types of these airplanes 
are flying: the Douglas D-558 Phase I airplane procured by tbe 
Navy; and the Be l l  XS-1 procured by the A i r  Fcrces. The airplanes 
represent the first phase of the program and a re  being used to  
explore the limits t o  which an airplane of re la t ive ly  ccnventional 
design can be flown. 

The Navy procured from the Douglas Aircraf t  Co. the D-558 Phase I 
airplane. This airplane has a 10-percent-thick s t ra ight  wing with 
an aepect r a t i o  of 4 aadm&percent-thick horizontal tai l .  The 
power plant is a TG-180 turbojet  engine. The Douglas Aircraf t  Co. 
recently turned one of theee airplanes over t o  the NACA a t  Muroc, 
Cal i f .  The ins taUat ion  of mACA recording instrumentation has been 
completed and f l i g h t  t e s t s  of t h i s  airplane a r e  e q e c t e d  t o  begin 
t h i e  week. This airplane w i l l  be used f o r  the mea.surement of sta- 
b i l i t y  and control character is t ics  and over-all  aercdynamic loads 
by use of s t e i n  gages throughout the allowable speed range of the 
atrplanh; 1% is expected t h a t  a ~tecond D-558 Phas-e I airplane w i l l  
be delivered %g the NACA within the next several weeks and t h i s  a i r -  
p h n e  w i l l  be used f o r  detailed measurements of the pressure dis- 
t r ibut ion  on the wing and on the horizontal tail .  

The Be l l  XS-1 airplane was procured by the A i r  Forces. This 
airplane has a s t ra ight  wing with an aepect r a t i o  of 6 and is parered 
by an RM-1 l iquid oxygen-alcohol rocket engine. Two of these air-  
planes have been completed, One airplane has a 10-percent-thick wing 



and an &percent-tuck horizontal. t a i l ;  whereas, the other airplane 
has an Sperceht-thick 'wi& :and's he rcec t - th i ck  t a i l .  

The acceptance t e s t s  on the 6 1  airplane ccnducted by the 
Be l l  Aircraf t  Corg. have been campleted. D;rlng these t e s t s  
IQACA instruments were inetglled t o  measure s t a b t l i t y  and control 
character is t ics  and aerodynamic loads up t o  a Mach nunber of 0.8 
which was the contractural limit of. the t e s t s .  These t e s t s  showed 
t h a t  the airplane had good handling Qiaalities with no unusual char- 
ac t e r i s t i ce .  

. . 

Upon completion of the acceptance tea ts ,  one Y'S-l airplane 
(with a 10-percent-thick wing a@ an b-percent-thick horizontal t a i l )  
wae aeeigned t o - t h e  NACA for a systematic etep-by-step'inveotigation 
of- f l ight t o  exploi t  the fill 'capabilities. of the type i n  the 
-trant30nic-speed range. The s w  i n s t k m n t a t i o n  used i n  the accbpt- 
ance t e s t s  w i l l  be used in  the early phase of these t e s t a .  Later 
t e s t s  w i l l  include d e t a i l  presaur*edistribuf;ion msa suraments . ~ h e s e  
t e s t s  a r e  just  get t ing under way having been delayed by mechanical 
d i f f i c u l t i e s  . The other XS-1 alrplane ( w i t h  an %tsercent-thici=' wing 
and a &percent-thick horizontal t a i l )  was taken'vv'er by the Fl ight  
Test Division a t  Wright $$eld f o r  ase i n  an accel2rated t r s m ~ n i c -  
flight progam. These t e s t s  would d i f f e r  fram RACA t e s t s  i n  that 
no detailed Inveeti@ticma would. be made, and as  la&+ an' increase 
i n  Mach number ae compatible with safety would be made, i n  each f l i g h t .  
If necessary, f l i g h t  would be made a t  extreme a l t i t udes  (50,oaO ' t o  
60,000 f t ) .  This is a cooperative program between the !*fright Fiela  
Fl ight  Test Division and the MACA. NACA inatr-mentation is used on 
dl f l i & t a ,  dab reduc$ion and aoalysis. are peflormed by 

-NACA personnel, and the f ly ing  is  done by a Wricht ~ i e l d ' F l i g h t  Test 
Division p i lo t .  The instrument ins ta l la t ion ,  however, is not a s  
caaprehensive a s  i n  the MACA XS-1, T e l e n c t e r i q  and recording 
instnunents a r e  us& t o  measure airspeed a l t i t ~ d e ,  elevator, r igh t  
a i le ron  and s t ab i l i ze r  position, normal, trans-rerse, and longitud!.nal 
accelerstion, shear and bending moment on the r!&t horizontal t a i l ,  
and bending mcmnent on ths  r igh t  wing, These tests 'have been i n  
progress several months and the data presented herein a re  rosul t s  
obtained in t h e  accelerated transonic progrm up t o  s Mach number 
of 0.9. 

TESTS, RE-, AND DISCUSSION 

. A preliminary airspeed cal ibrat ion was nade :b r ing  the accept- 
ance t e s t s ,  These r e s u l t s  showed the  s ta t ic -~ressure  e r ro r  t o  be of 



the order of 1/2 perc?ent up t o  a Mach rmmber of 0.8.. AB the f l i g h t s  
of the  airplane progressed t o  higher speeds, cal ibrat ion of the 
s tat ic-pressure e r ror  of the airspeed head was made. The calibra- 
t i o n  was made uaing radar t o  obtain t rue a l t i tude .  The r e su l t s  of 
the cal ibrat ion up t o  a h c h  number of 0.92 az-e given i n  f igure 1 
where the e r ror  is  expressed a s  the r a t i o  of e r ro r  i n  Mach number 
t o  corrected Mach number and is plotted a s  a function of corrected 
Mach number. Figwe 1 shows that below a Mach number of 0.83 the 
airspeed head i e  indicating s t a t i c  pressure lower than t rue  s t a t i c  
pressure; whereas above a Mach number of 0.83, an increasing e r rc r  
in s t a t i c  pressure above t rue  s t a t i c  is indicated. It is  believed 
t h a t  t h i s  var iat ion i n  static-pressure e r ror  above a Mach number M 
of 0.8 ie caused by the formation of a shock on the airspeed head 
i t s e l f  and the shock i s  moving back on the head towards the n ta t i c  
holes. No correction was applied t o  the total-head measurement since 
the  total-head measurement is not e-qected t o  be affected by shock-- 
wave formation u n t i l  a free-stream Mach number of a t  l e a s t  unity is 
reached. The airspeed head used i n  t h i s  case is  a Koflsman Type D-1 
h i g h p e e d  head mounted on a born l-chord le rg th  ahead of the l e f t  
wing t i p .  ' . 

Most t ramonic f l i g h t  t e s t a  have been limited by the changes 
in longitudinal s t a b i l i t y  and trim, and these data have been of 
primary concern i n  the -1 t e s t s .  The r e su l t s  obtained a re  pre- 
sented in figure 2 where elevator poeition and force a r e  plotted a s  
functions of Mach number for  two s t ab i l i ze r  gositions. The elevator 
positions ohown here a r e  measured r e l a t ive  t o  the s tab i l izer ,  and 
the  s t ab i l i ze r  positions a re  r e l a t ive  t o  the fusekge  reference l ine .  
With the e tab i l izer  s e t  a t  an angle of incidence it of l.oO, the 
p i l o t  stopped a t  a Mach nunber of about 0.88 because of the large 
t r i m  forces required and the forward posit ion of the s t ick .  A nose- 
down trim cbange i s  indicated a t  the higheet Mach number. With the 
~ t a b i l i z e r  s e t  a t  an angle of incidence of 2.2O the p i l o t  continued 
f l i g h t  up t o  a Mach number of 0.92. I n  going t o  th ia  epeed, three 
t r im changes were encountered. The first, which beean a t  a Mach 
number of about 0.8 was i n  the nosedarn direct ion which the p i l o t  
carrected w i t h  up elevator. Above a Mach number of about 0.87, the  
nose-dam trim condition is al leviated and the airplane tendo t o  
p i tch  upward, and then,the p i l o t  corrected with d a m  elevatorj  1 
a t  the highest MaGh'hdber the airplane is again sharing a tendency 
toward noee-dam tr im position. Moat t e s t s  have terminated somewhere 
In the region of the f i r s t  trim change because with conventional 
f ighters  the control forces involved are  large. I n  the presont case 
the range of forces Iuthe  trim changes ie of the order of 10 pounds. 
The changes i n  elevator angle for  trim were a l s o  not large (of the 
order of bO). Because of the small control forces and motions, the 



. . .  
p i l o t  did no" objeot t o  the m&i~+i  tigxi'clulngis.  he forces a r e  . . - 

low ih  this case because CG',$ieta '*:at, a"mcderatply lS&h 
a l t i t ude  (about 30,000 f t ) '  a M  bdca$e9"€he .elevators a r e  very smtll. . 
With a larger  a i rpur ie  'or a t  'a ' lower 'ai t icude these c ~ n t r o l  charac- , , 

t e r i s t i c a  would probably be objectSo&ble. Data fY.w the Langley &foot 
high-speed-t.mel t e s t s  .,arid fp* wing-flqw t e s t s  of' XS+l models ..are - 
i n  general . . .  qual i ta t i se  agre&nt , . .  w$$h . . . . . . . . .  fli'gbt' data;' . . , :  

. - .  . , <  . . *> 4.:. : : ~. 
f i a k  th elev&tor p w i t i m -  re'quired to< trim with two s t ab i l i ze r  

positions, a lneasure of t h e  r e l a t ive  ' e f f e c t i ~ e n o l o d  the elevator 
was obtained: These data a re  s h h ' . . i n .  f i gu re  3, where the r a t i o  .of 
the  change' i n  s t ab i l i ze r  incidence ~ a t l A 6 e  :to change i n  elevator- 
posit*. i e  as k f inc t iqn  ' h c h  .m&ber M. ~et.wpen a .  Mach 
number of ,  0.72 and 0.87 t h e  re la t ive  . .  e l ~ v a t o r  , . . effectiveness . is . . . .  - 

reduce$ by yr .e ,  tban 50 percent. ~c 
. . : . , . . . . .  

. . - . , , . 

l h l s  reduction i n  elevator effectiveniss i n  the speed ringe \ 

tes ted af fec ts  the m a ~ i t u d e  of the trh chandes a s  noted by the 
p i lo t ,  but i n  f igure 4, where the pitching-mment coeff?.cient of the 
wing-fuselage ~ ~ E i n a t i o n  is plotted 8 8  a function of Mach number, 
it can be eeen tha t  the  trim cbnges a r e  beins caased by changes on ' 

the wing. .These data were obtainsd by using meassred values of 
horizont+l t a i l  loads. Verg l i t t l e  data have been obtsined t o  show 
the longitudinal s t a b i l i t y  i n  accelerated i f i g h t  but it is indicated 
that khb a t a b i l i t y ' a s  evidenced by the p i lo t ,  t ha t  is  the elevator 
motion requlred t o  produce a given acceleration, is  great39 increased . 
above a Mach number of 0.85. Same of t h t s  increase i n  the elevator 
angle per l i f t  coefficient CL is caused by the decrease i n  elevator 
e f f ec t ivenes ,  but the data though meager, indiccte tha t  t he  a i r p h e  
i s  becaming more s$able. These character is t ics  w i l l '  be i n v e e t i a t e d  
in d e t a i l  during the NACA t e s t a  of the XS-1. , . 

Diff ich l t ies  have been experienced i n  recent t e s t s  a t  transonic 
speeds with gne-dimemi61 f l u t t e r  or buzz. There has bcen no eui- ' 

dence of buzz i n  .the data of the XS-1 t e s t s .  One p:obabld contri- -', 

buting fac tor  t o  the absence of t h i s  osc i l la t ion  in addition t o  the . 

t h i n  w i n g  section is  the large amount of f r i c t i o n  i n  the ai leron 
control iy&eG.'he-fricti6n i n  t h e  aiierons is of the orcer of , 
20 foot-pounds. The aerodynamic hinge-moraent coefficient f o r  the 
dynamic preesure ' q corresponding t o  a Mach number o$ 0.85 a t  
30,000 f e e t  and n e g l e c t i q  the effect6 of Mach number on the hiwe 
moment coefficient is  of the order of 6.9 foot-pounds degree. 
Hydraulic dampers a re  ins ta l led .but  have not been used, There has 
been no evidence of abrupt changes in  the. f loa t ing  tendencies of the 
ai lerons.  The p i lo t  did report  a right wing heaviness which he 

, 

noticed a t  a Mach number of about ,0,,88 a@ which continued up t o  'a 



Mach number. of 0.92. , Fi- 5 shows .that the r ight  ai leron angle 
for  trdm incrsyed in the .dowgward d,Jrection wit4' .. . increaeing.'Mach . . . , _.. 

number. . . _ .  . _ .. . . : , . . . . , . . . :. . , . . 

. A n  unmual unclanrped l a t e r a l  osci l lat ion h a s  .occurred i n  scme 
f l igh t s .  Because of the usual s t a b i l i t y  boundaries it' would,.,be 
expected tha t  the airplane would be stable because the d i r e c t i o m l .  
e t ab i l i ty  is very high and the l a t e r a l  e t ab i l i ty  is moderate. The 
osci l lat ions have. occurred i n  steadg gliding f l i g h t s  and in  tuims 
f r a r m  a Mach number of 0.7 t o  a Mach number of 0.85. It was thought 
tha t  these oecillations were posgibly caused by fuel sloshing. A 
series oP t e e t e  ma Plade therefore with varying amaunt@ of fieJ on 
board. These tee te  showed tha t  the f u e l  had little effec t  on the 
damping of the short period oscillation. 

Another d i f f icul ty  which hae limited the Mach number a t  which 
airplanee are  flown has been buffeting. The buffet boundary and the 
l i m i t  l i f t  for the IS-1 are  shown i n  figure 6 a s  a function of Mach 
number. These data were obtained in  level  f l igh t  or in  gradual turns 
with the s tabi l izer  s e t  a t  an incidence angle of 2.2'. L i m i t  lift 
has been determined fram meaeuremente where l i f t  ceased t o  increase 
although increasing up elevator was being applied. Although buffeting 
has been experienced i n  level  f l igh t ,  it has not been disconcerting 
t o  the p i lo t  because the b u f f e t i w  is not severe. The maximum 
buffeting t a i l  loads were obtained a t  l i m i t  l i f t  f r a  a Mach number 
of 0.76 t o  a Mach number of 0.80 and were of the order of A400 pounds. 
A t  Mach numbers above 0.80 the buffeting t a i l  loads decreased, and 
up t o  a Mach number of 0.92 the buffeting t a i l  lmda were l e s s  tA%n 
22% pounds. 

CONCLUSf ONS 

The data obtained for the ItS-1 airplane ahow tha t  most of the 
d i f f i cu l t i e s  expected i n  the transonic range have been experienced, 
and although conditions are not normal, the airplane can be flown 
sa t i s fac tor i ly  a t  l eas t  t o  a Mach number of 0.92. The following 
resul t8 have been noted i n  detail:  

, . ::. ,. . .la The. pirp.lane haa .experienced longttudinal trim changes i n  
the speed range from a Mach nynber of 0.8 t o  a Mach number of 0.92, 
but the control forces associated with these trim changes have been 
emal l .  The pi lo t  has been able , ,  therefore, t o  control the airplane, 

2. The elevator ef fec t ivenes~~ has decreased by more than 
50 percent i n  going fmm a Mach number of 0.7 t o  a Mach ~uIUber of 0.87. . 



Thia lose in elevator eff'ectiveneea hae affected the magni-cude of 
the t r i m  changea, but'$& actual  trin changes have been caused by 
changes in the wing-fuselage mament. b 

3. l o  ai leron buzz or asgoofated phenomena hse been eqerienced 
up t o  a Mach number of 0.9. The airplane becomes r ight  wing heavy 
but can be trimmed with aileron. 

4. Buffeting hae been experienced in  level  f l i gh t  but has been 
very mild up t o  a Wch.nmber of 0.92. The t a i l  loads associated 
with the buffeting . have . been emall. 



M A C H  NUMBER, M 

Figure 1. - Variation of Mach number error A M/M with corrected 
Mach number. XS -1 airplane. 
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Figure 2.- Variation of elevator position and force with Mach number. 
XS-1 airplane. 



MACH NUMBER .M 

FIgure 3. - Variation of elevator effectiveness factor A a t /~8 ,  with 
Mach number. 

.8 

MACH NUMBER, M 

Figure 4.- Variation of wing-fuselage pitching-moment coefficient with 
Mach number. XS -1 airplane. 
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Figure 5.- Variation of right aileron angle with Mach number. 
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Figure 6.- Buffet boundary and Wt lift. XS-1 airplane. 
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CHARACTERISTICS OF A C O ~ ~ T I O ~  W I T E  A 

By Robert T. Jones 

Ames Aeronautical Laboratory 

A brief discussion is given of some recent experimental results  
obtained on a supersonic transporGtype airplane for  a laree range of 
Mach numbers. The theoretical mprlmnnts which led to the configu- 
ration of t h i s  airplane were brought out a t  the UCA Confevnce on 
Supersonic Aerodynamic s a t  the Langley Laboratory, June 1940, 1947; 
henco, it will not be necessary to  dwell on them herein. Briefly, ' 

our calculatidns showed that  a reasonably good lift-drag ra t io  - 
and, hence, 13easonably good fuel economy, could be maintained up to 
a Mach number of 1.3. The configuration required wo-uld incorporate 
a long slender body and wings having a large angle of eweepback 
together with the highest practicable aspect ra t io .  

Figure 1 i s  a pho to~aph  of the madel, designed to incorporate 
these features, tested i n  the Ames 1- by 3-foot supersonic tunnel 
and ths Ames 1- by 3$-foot tunnel. A maximum lift-drag ra t io  of 

better  than I0 to  1 ;as expected with th i s  configuration. The f i r s t  
erperimnts in the h s  1- by +foot supersonic tunnel showed lower 
d u e s  but i n  these experimnts there were indications of laminar 
separation over an appreciable portion of the wing surface a t  zero 
lift, a condition attributed t o  the low Reynolds number of the 
t e s t  and an effect of the eweepback. Since thee9 f i r s t  tests, l i f t -  
drag ra t ios  as high as 9 t o  1 a t  the low Reynolds numbers have been 
obtalned by the use of some ~ d i f i c a t i o n s  of the original design. 
Instead of a f l a t  a ~ t r i c a l w l n g  the revised mdel had a cambered, 
twisted wing designed to support a nearly uniform l i f t  distribution 
a t  the cruising U f t  coefficient. Both the orfginal and the revised 
nodel showed highest l i f t rdrag ra t io  with the leading edge of the 
wing a t  67' sweepback. 

Figure 2 shows l i f t d r a g  patio L/D plotted ~ a i n s t  l i f t  
coefficient . CI, fo r  tps revised y d e l  i q  .the Ames I- by 3-foot 
~ u b r 8 0 n i c  tunnel. It will be noted t ha t  the charscterietica 
are varying fair ly '  rapidly with Reynplds number a t  the scale of these 
tests .  A t  bothReynolds numbere, surface f l a r  studies show regions 
of laminar separation on the wing a t  zero angle of attack. However, 
some recent experiments on a larger wing i n  this tunnel show that  the 
laminar separation phenomenon disappears a t  higher Reynolds numbers; 
hence, it is believed that the calculated values can be reached or  
exceeded a t  fu l l  scale. 

\ 



In addition t o  tests of the revised model i n  the Ames 1- by 
>foot superscnic tunnel we have contLnued a vsr ie ty  of experiments 
on the o r ig i~aa l  mdel .  The object of t l ~ e  experimnto is to  dafine 
the behavior of t h i s  airplane over a s  wide a range of Mach numbers 
and Re ynolda numbere a s  possible . This program i s  qui te  new and 
some of the p~:*eliminary r e su l t s  shown herein may be subject t o  
later correction. 

t . 
The m s t  intereat ing r e su l t  i s  the variation of drag coeffi- 

c ien t  CD with Mach number M obtained i n  tAe Ames 1- b r  3 1 - f w t  
2 

tunnol aad shown in  figure 3.  In theee tests no drag r i s e  oicurred 
throughout 'the range of Mach numbers up to  1.5. Actually, o f  course, 
the eupersonic drag Ts expected to be somswhat higher than the drag 
at  subsonic speeds as  indicated by the dashed-line curve, but the 
difference i e  8 m ~ ~ I . l  and i n  these t e s t s  might k v e  been w k e d  by 
Reynolds number effecte .  Althqugh no claim is made f o r  g r o a t  
accuracy of wasurement i n  these t e s t s ,  the value a t  H = 1.5 1s i n  
agreement with that obtained i n  the Amgs 1- by 3-foot' supersonic 
tunnel on the same model. 

Although the miaJmum drag coefficient showed no appreciable 
change with Mach number, the l i f t r d r a g  ra t ioe  obtained a t  supersonic 
speed were Less than the eubsonic values. Figure 4 shows the 
variat ion of maximuxn lift-drag r a t i o  t oughout the Mech number 
range as obtained from the Ams I- by 3 -foot tunnel. One f a c t  
b r o d t  out i n  these t e s t s  i s  that a t  l 8 w  Reynolds numbers the lift- 
drag ' r a t io  valuss at  subsonic speeds f a l l  considerably below the 
w d  eetimates. A t  all speeds the rate of increase of drag with 
l i f t  'coefficient was greater  than tha t  indicated by the induced 
drag thisoj?y - a characteristic of e e p a t a d  flow, Evidently the 
hdnar separation phemmnon raoted e a r l i e r  is  not 8n ef fec t  of 
eu.ijersonlc 'speed but 3s ;to be- associated with the Reynolds nmber' 
8nd"the hieepback. Testa- of the w i n g  alone i n  the A m a  12-foot 
lo~~*bulsnce pressure tunnel a t  a higher Reynolds n&er ahowed 
values f r o m  l6 t o  1 to  18 to 1, i n  the subaonic range. 

Thd s t a b i l i t y  and control character is t ics  of t h i s  model are of 
great in te res t .  One important question 18 to  find how far the aero- 
dynamic center travel6 within the range of fliat MachLnumbere. 
Unfortunatelr, data  f r o m  di f ferent  source6 are not i n  very good 
agreement 'on this point -at3 figure 5 indicates. This diagram shows 
the fore' and a f t -  location'of the neutral-s tabl l i ty  point superimposed 
on a plan view of the a i r p h e  drawn t o  the eahe scale and plotted 
againit Mach number. The two t e s t  points at  the ends of  the curves 
are calculated values f o r  ,the wlng alone ,, The wing-flow tests . . .- . . =  . ,? " 

I . . .  



showed a pronounced backward sh i f t  of the aerodynamic center, or, 
i n  other words an increase i n  stabil i ty,  near a Mach number of 1; 
whereas the Ams 1- by 'k- foct-tunnel t es t s  indicated a gradual 

32 
variation. Reither tho Anas 1- by 3A-foot tunnel nor the wing- 
flow tes t s  indicated any rapid varia t ion of lift' i n  *is region 
and thei r  U'ft ctmves are i n  good agreeinent throughout. The reasone 
for  the Gisagreemnt i n  pitching moment are not yet understood. 

It seem to be a generally applicable rule that the wing f 0 m ~  
designed for  highest eTfTcTency atpsupersonic speed show the poorest 

. l i f t i n g  qualities i n  the landiag condition. High efficiency at  
supersonic speed i a  the result  of acueving insofar aa possible a 

. two-dipexutorzal flow over the oblique wing. In a perfect ttm- 
dimensional flow the s ta l l ing lift coefficient i s  reduced by the 
coaine-squared of the sweep angle. with 60° sweep this means that 

. a e  wing sections will stall a t  one-fourth their  nornal l i f t  
coefficient, 

Figure 6 is  taken from data obtained on a large mdel  i n  the 
- .  Ames 40- by &foot turmel and i l lus t ra tes  this s ta l l ing behavior. 

' I  A pocullarity of the behavior of these wings i s  that the ini t ial  
'flow separation i e  not accoqanied by a lose i n  l i f t  - i n  the 
present case the l i f t  kept increasing up to aeerly 45O aagle of 
attack. TSie increasing lift can ha;cdly be uti l ized i n  practice, 
however, because of the hi& drag and the erra t ic  centercof-pressure 
travel  associated w i t h  the segarated flow. It w i l l  3e noted that  i n  
the Pull-scale teats  the drag c m  follows the normal inCuced drag 
law up to  a l i f t  coefficient CL of about 0.3. Beyond 0.3 the 
resultant f o x 8  begins to  f a l l  back toward the normal to  the^ chord, 
indicating a loee in the suction force a t  the leading edge as s 
result of separation. A t  this poict, CL = 0.3, also the pitching- 
m m n t  coefficient CM be@m to  depart from the values calculated 
fo r  a potential flow. Other characteristics of the wing show 
similar nonlinear behavior beginning a t  thia  point, which corresponds 
approximately to  t b  aection cl c o a 2 ~ .  

mELX 
- . I "  .-. . - . - .. . _. , . _ '. ,.... .., < - - ,  

1 

&cause of the high einklng speed, or the lax& -unt of paver 
required for level f l ight ,  and because of the nonlinear s tab i l i ty  
characteristics, the airplane could pf~bably not be flown safely 
above th is  i n i t i a l  s ta l l ing l i f t  coefficient. The obvious remedy 
for this situation i a  of course to  straighten out the wings. for 
landing. However, the low useable l i f t  coefficient and higher 
landing speed of the sweptback wing axe not believed to present 

f 



any wurpaasable  d i f l icul ty  . Through the u s e  of Haadley Page s l o t s  
or oose flaps the landing l i f t  coefficient can probably be increased 
to 0.5 o r  0.6. Higher l i f t  coefficientsthan this do not resu l t  i n  
any decrease of the power or  tku'ust mquired to  maintain a given 
airiklng speed unless the aspect r a t io  is  increased. Conventional 
airplanes have already exceaded the speed a t  which lendings can be 
made safely ulthout pov-r. D tb present case a wing loadlag of 
40 pounds would r e su l t  i n  a Landing speed of 165 milee per hour 
and a re l a t lva ly  a m a l l  m u a t  pf thruat would be required to maintain 
a einking speed below 20 fee t  per. second. 



Flgure 1. - Original model tested in Ames 1- by 3-foot supersonic 

tunnel and Ames 1 - by 3 1. -foot tunnel. 
2 

Figure 2.- Lift-drag ratio plotted against CL -for revised model in 

Ames 1- by 3-foot supersonic tunnel. 
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Figure 3.- Variation of drag coefficient with Mach number for origihal 
model. 

MACH NUMBER, M 

Figure 4- - Maximum lift-drag ratios plotted against Mach number for 
original model. 
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Figure 5. - Positions of aerodynamic center at various Mach numbers. 

Flgure 6.- Variation of drag and pitching-moment coefficients with lift 
coefficient from tests lo Ames 40- by 80-foot tunnel. 



CELWTERISTICS OF A ! I ! R f A m m m E D  AIRCRAFT 

. :  I - PIBFORMANCE DATA 

."  
By Donald J. Graham 

. , 
Amss Aejronautical Laboratory 

- - 

Approximately a pear ego a research program was formulated a t  
the Ames.Aeyonautica1 Laboratory aimsd a t  investigating thq possi- 
b i l i t i e s  of employing a wing of low aspect r a t i o  ar?b tr iangular plan 
form on a Qansonia ol- mdel*ately supersonic a i r c r a f t .  A wing w a s  
selected t o  be inveetigated concurrently i n  the subsonic, transonic, 
and supersoni'c wind-tamel f a c i l i t i e s  of the laboratory and, i n  
adaition, a t ' t r a l son ic  speeds by mans of the NACA wing-flow method. 
It was planned t o  determine thereby the effects  of wide variations i n  
both Reynolds n~mber and Yich number upon the character is t ics  of 
the subject configuration. 

I 

The ckoice of wing waa made on the basis of the bes t  exis t ing 
predictions of the pressure-drag churacter is t ics  of triawplm 
a i r f o i l s  i n  the moderately supersonic-speed region. The wing was 
of .5-perynt.-chordWthick symmtrical double-wqdge section with 
maximum thickness at 20 percent of the a i r f o i l  chord and had an 
aspect r a t i o  of 2 with a vertex anglo of 53'. The sweep of the 
leading edge thus amounted to  approximately 63O. 

I n  figure 1 i s  pictured the model, which was tested i n  the 
Amsa G by 3$ -foot tunnel tud the 1- by +foot supersonic tunnel, 

and the smallest scale m d e l  tes ted ,  - .w ing  was mounted on a 
slender cyl indrical  body which w a s  sting supported from the r ea r .  

. . 

Figure 2 is  a photograph of the model i n  the Ames 12-foot 
low-turbulence pressure tunnel and ehms the semispan configuration 
munted on a turntable i n  the tunnel f loo r .  

Aerodynamic characteristics of t h i s  wing were determined fo r  

Mach numbers from 0.1 to  1.5 and for  Reynolds numbers from 0.7 X 10 6 

to 27 x 106. ' W ~eynoMa nhib$variation &s confined t o  the . 
subsonic t e s t s ,  a l l  of the supersonic tests having been made fo r  

6 .  -Reynolds numbere of the order of 1 x 10 . 
A considerable port  ion of the r e su l t s  of t h i s  i n v e ~ t i g a t i o n  

will be published shortly.  The object of the present paper is to 
summarize the principal results which are involved i n  a prediction 
of the performance a d  the s t a b i l i t y  and control c ~ q c t e r i s t l c s  
of a low-aspec'tratid t r i a n g u l h n g  a i r c r a f t .  , ' 



& variation of the miaaum drag ~oefficlent with &oh number 
. f o r  the t r imgu la r  wing is  shown i n  fi6txt-6 3 .  It will be noted - 

t h a t  the r e su l t s  from the hues 1- by .3L-foot tunpel (unpublished 
2 - .  

data) presented f o r  Mach nxnbsrs from 6.5 to  1.5, fndicated by the 
so l id  Urn, appear t o  remonabky b.ridgq the ~ a p  between the lo? 

..< . t  speed value from the Ams 7- by 10-foot twklel (reference 1) arid the - b t  - 1  , 

value f o r  a Mach ~ rmber  of 1.5 f r o 3  the Amas 1- by +foot supersonic 
t-el (refei'ence 2 ) .  The kigher Reynolds number data from-the 
Amee 12-foot low-turbulence preseure tunnel (reference 3)  are not 
i n  such closa agreement with the high subeonic Mach n i i e r  data  
*om the Ams 1- b j  %-foot tunnel aa could be desired despf t e  

' allowance f o r  the difference i n  acale. '1t g3hoGd be emphaoized, 
however, that the respective t e s t  conditfone were dissimilar. The 
wing i n  the Ames -1- by 31-foot t m e l  wae mounted on a thin body, - 2- , 
the drag of which could not  readily be s e p p t e d  from that' of the 
combination; whereas, the data  from the Ames 12-foot low-turbulence 
pressure t m a l  shown are for  the w i q  alane. The ef fec t  of adding 
a fuselage to  the mod31 wing i n  the Amss 12-foot low~urbulence  . 
pressure tunnel was to' displace the curve of miliimm dreg coefficient 
above t h a t  of the wing i n  the Am8 1- by +-foot tunnel.. no 88tiS- 

2 
factory explanation h ~ s  ye t  been forthcoming f o r  the seemingly ear ly  
r i s e  i n  the drag coefficient with Mach nuribsr evidenced by the r e su l t s  
from the h e 3  12-foot law-turbulence pressure tunnel. 

ALeo %how f o r  coxup&ison i n  figure -3 are  minimum drag coef- 
f i cients fo r  a Gpercent-chord-thick symmetrical double-wedge 
aii-f'oil section f r o m  two-dimensional t e s t s  i n  the Ames 1- by 31-foot 

2 
tunnel. The favorable e f f ec t s  of sweep and aspect-ratio reduction 
axe apparsm here. 

* 

It was Inferred a t  the beginning of the paper tha t  the prosent 
wing was selected because, from theoret ical  considerations, it had 
the lowest pressure drag f o r  the practicable thickness d i sk ibu t ions  
of the given triangular plan form at  moderately supersonic speede. 
Subsequent tests', however, In the Am6 1- by +foot supersonic 
tunnel and the Ames 1-.by 3*--foot tupnel shoved lover actual minimum 

C 
d r q  coefficient8 a t  a Mach n&er of 1.5 f o r  a wing of the same plan 
form with the maximum thickness a t  50 percent of the a i r f o i l  chord, 
an ef fec t - t raced  t o  the differences i n  tip f r ic t i ,oa  drag of the two 
surfaces. Eence, i f  q y  usefhl flrnction such as e t ruc tura l  con- - . 
venience we:w to be served by locating tpe'maximum thicisness i n  the 
v ic in i ty  0.f the midchord, -re would apparently be no assoc iabd  
penalty i n  minimum drag. 



In f igure 4 the variation of maxl.mm l i f t d r a g  r a t i o  wfth Mach 
number i s  presented. The diffeiwnces i n  the subsonic-speed charac-- 
t e r i s t j c s  as determined fn the va-ioue f a c i U t l e s  appear to be 
consistent with the co&egonding differences i n  the Reynolds 
auxibers of the respect i re  t e s t s ,  .me eubsonic-speed l i f t cd rag  
ra t ios ,  althou& seemingly lwr,  d g h t  mesonably be expected t o  
improve s o m v h t  wfth increasing Reyuolde nurcbers, a s  was observed 
i n  the case of the subsonic speed character is t ics ,  

F u r t h e m r e ,  f o r  theso t e s t s ,  the w i ~ g  had sharp leading edges 
and, hence, did not rea l ize  an appreciable m u n t  of the possible 
leadinq-edge suctioq which would fur ther  boost the maxim l i f t -  
drag r a t i o s  i n  the speed range under consideration. 

., 

Previously reported t e s t s  (reference 4) i n  the Ames 1- by 3-foot 
supersonic tunnol a t  a Mach number of 1.3 TJith the leading edges of 
t h i s  wing rounded have indicated the attai~llhent of a s i m i f i c a n t  
but by no mans najor portion of the theoret ical  leading+dge 
suction. Figure 5 ,  the material f o r  ;rhich wads presentgd a t  the 
NACA Conference on Su?orsonic Aerodynanics a t  the Langley - 
Laboratory, June l9--2O, 1947, i l h s t r a t e s  the var iat ion of l i f t -  
drag r a t i o  with l i f t  coofficient at'a Mach number of  1.5 fo r  the 
w i n g  with sharp leading edge and with the loading edtp rounded to  
approximate the noee radius of a 3-percent-chord-thick NACA 6 w e r i e e  
a i r f o i l .  Rounding the leading edge, while ra i s ing  the ;naximm l i f t  
drag r a t i o  by decreasing the drag due to  l i f t ,  did not afYect the 
minimum drag. These r e su l t s  should not be taken as evidence of the 
maximum gain t o  be expected from leading-edge shape mdi f i ca t ion  
because the'eubject wing section was not selected with t h f s  objective 
i n  mind. It appears l i k e l y  t h t  a t  fuU=-scale Reynolds numbers the 
use of a i r f o i l  sections with,rounded nose contours of the subsonic 
type on wings w i t h  highly swept leading edges would, by real iz ing a 
greater par t  of the possible leading-edge suction, afford con-.  
eiderably higher maximum lift-drag r a t i o s  ' a t  low supersonic Mach 
numbers than those indicated i n  figures 4 and 5 .  . 

An additional f a c t  of in t e re s t  is t h a t  the l i f t  coefficients 
corresponding to the maxirnunliftrdrag r a t i o s  were found t o  be 
sensibly independent of Mach number, having varied but inappreciably 
f r o m  a'value of about 0.2 over the range of the tests. , 

The slope of the l i f t  curve of the triangular wing as  a function 
of Mach number i s  shown i n  figure 6. Sat isfactory agreement i s  
evident both between the r e su l t s  of the various wind-tunnel t e s t s  
and the calculated subeonic and supersonic values. The variat ion 
with Mach number is regular and apparently freo from abrupt dis- 
continuities a t  t r a n ~ o n i c  speeds . 



Froh the standpoint of perfqmce at transonic Mach numbers 
the r e su l t s  of reaoarch to  date i n d i c a t ~  the low-aspectrratio 
triangular wing to  be a practicable l i f t i q g  mrface f o r  a ahor* 
range luterceptor a i r c ra f t .  Were a v t n g  section t o  be selected a t  
t h i s  dase fo r  an a i r c r a f t  designed t o  f l y  at transonic o r  mderately 
euprsonic  Mash nuribera w i t h  tke type of w i n g  plan form undpr .d iy  . . . .  L .  . .  - 
cusoion, a profile having the general shape of t3e RACA 64-eriee 
o r  G-eries a i r f o i l  ssctions would bs recommeaded because of the 
higher m a x i m u  l i f t -drag  r a t ioe  afforded. / 
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1947 
, , -  

3. ~ & a r d s ,  George 6 . ,  and Stephenson, Jack D . : Tests of a Tri-  
angular W i n g  of Aspect Ratio 2 i n  the Ames 12-Foot Preseure 
Wind T~nslel. I - Effect of Reynolds Number and Mach Number 
>on the Aerodynamic Characteristics of the Wing with 
Undeflected Flap. NACA Rm No. AVO?, 1947. 

4. ~ h c e ~ t i ,  Waltor G. : Emerimwtal  Characteristics of F i n i t s  
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Figure 1.- Model tested in the Arnes 1- by 3 ;-foot tunnel. 

Figure 2.- Model tested in the Ames 12-foot low-turbulence 
pressure tunnel. 
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Figure 3. - The variation with Mach number of minimum drag coefficient 
for triangular wing. 
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Figure 4. - The variation of Mach number with maximum Lift-drae ratio 



LE. RAD. = I X CHORD \ 

Figure 5.- The effect of leading-edge radius upon Wt-drag ratio of 
triangular wing at a Mach number of 1.53 and a Reynolds number 

of 1 x lo6. 
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Figure 6. - The variation of Mach number with lift-curve slope of the 
triangular wing. 
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CBARACTERISTICS OF A ~~~~-~~ AIRCEP3i'T 

- .  \ .  - TT -0 STABJZXTY AND 'COF;TROT. 

By Robert M. Crane 

Ames Aeronat~fical Laborator; ' 

The s t a 3 i l i t y  and control prablems aasociatt d with wings of 
tr iangular 2lan f o m  h a ~ e  recently been the su.b j e  c t of an intensive 

' research i r res t iga t ion  at  t he  Azne~ Laboratory. ~I'ssts have included 
the measurement of effectiveneos end hi%e momnt f o r  a constant- 
chord trailjng-edge control a t  Mach numbers us t o  3.95 (reference 11, 
effectiveness of a similar control a t  a Mach ntlmbe - of 1.53 
(reference 2) ,  and direct ional  character ts t ics  a t  :ow subsonic speeds 
and a t  a Mach number of 1.53 of an a i r c r&t  usin.5 a s ingle  ver t ica l  
t a i l  and usin3 twin ve r t i ca l  tails (references 2 an '. 3) . Lo~r-speed 
f l i g h t  t e s t s  using a constant-chord trailing-edge ccnt ro l  have a lso  
been'made i n  the Langl3y Proe-fli&t tunnel (ref eren:e 4) . Some 
.of these r e su l t s  r e l a t ing  t o  s t a t i c  longitudinal s t a b i l i t y  and. 
contzol w i l l  be presented i n  t h i s  report .  

. -.. The model use& in these t e s t s  had a tri8njplw plan form 
and an aspect r a t i o  of 2. The con-kol surface inveotigated had a 
conetant chord antt an area eqnal to 20 percent of the wing area. 
When tested with a fuselage, the fuselage waa a bow of revolution 

1 with a finencns r a t i o  of 12.5 and a f ron ta l  area equal t o  5z percent 
I 

of the dx area The e f fec t  of Mach number on t he  lif t-curve slope 
and the location of the aero4,onamlc center  w e  presented i n  f igure  1. 
Data are included from t e s t s  of a semispan model in  the Azdes 12-foot 
low-turbtilence pressure tunnel and t e a t s  of a small-scale complete- 

1 wing model i n  the Ames 1- by +-foot tunnel and the Ames 1- by 3-f00t 
2 

supersonic t ~ m x ~ e l  . The r e s u l t s  from the -various t e s t  f a c i l i t i e s  show 
-reasonable agreement, conaidcrirq the large differences in Heynolds 
number and d n o r  diff  erencea' of model conf iguration. 

. . .-.. $lop? p r q t e r e  of. W$s tme m q  often be very misleadin3 
' became they f a i l  t o  show the l inear i ty  o r  nonlinearity of the various 

coefficien'ts. Figure 2 presents lift and moment data a t  Mach numbers 
up to 0.95 and more clear ly i l l tmtra tea  the excellent l i nea r i ty  of 
the character is t ics  of a t r i w a r  wing a t  h i @  subsonio speeds. 
While these data only extend to M = 0.95, data obtained a t  
transonic speeds by the win8-flow method on a free-f loat ing model 
indicate none of the e r r a t i c  disturbances vhich are  aseociated with a 
s t r a igh t  wtng i n  passing through a Mach number of unity. 

. . . . .  . . . . . _ . .  . The ,influence of Mach number on .$he effectiveness of the constant- ' .  
' ' c h d  p1ain.f  lap is shown .in f i&6 3 .  'The theoret ical  eff  ectiveneeo 



a t  eupersonjc speeds is based on linearized theory. The experimental 
point a t  a Nach nmber of 1-53 was obtajned from t e s t s  of an airplane 
model having a t r i a n p l a r  wing of aspect r a t i o  2.31 with a 21.3-percent- 
area constant-chord control. For the theoretical calcvlation it was 
assumed tha t  there was no carry-over of elevon l i f t  across the fuselage. 
The agreement between the exgerimental value en& the theoretical value 
indicates the t  t he  assimption of fro-lift e&my-over IB 'Paliil. The' . . I  7 .  

effectlvenees data from the wing-flow method weime obtained on a 
sharpened f l a t  p la ts  veins the free-floating technique (reference 5 )  . 

.The Reynolds nwnber f o r  these ' tests m s  about 1 million compared ' 

t o  5.3 million fo r  -the data obtained i n  the A m s  12-foot low-turbulence 
pressure tunnel.. It i e  not campletcly uptierstood vhether the lack 
of agreement between these data is due t o  the difference in  e%.roil 
section, the diff crence i n  Reynolds number, or  t o  shortcomings of %he 
free-f loat ins techniqv-e. Further tea ts  are scheduled i n  an attempt 
t o  determine the exact reasions fo r  these discrepancies. Figure 4 
presents elevon eff ectivenees- f o r  several q l e s  of attack a t  f i ve  
different  Mach numbers, the highest being 0 -99. This f i p e  i l lus t ra tes  
again the l inemi ty  of the data from which the olope parameters have 
been obtained . 

- .  
The hin~e-moment characteristics of the constant-chord elevons 

are shorn in figure 5 .  The supersonic values are ccan_uted from 
linearized theory and no'experimental verification is av8ilable. 
Note the large rapid r i s e  i n  Chg a t  Mach numbers appoachlng unity. 

If a constant-chord co6trol with an unswept hinge l i n e - i s  t o  be used, 
the necessity for some type of power-operated irreversible control 
mechanism is obvious. NO& also We large no~a t ivo  values of h, 
which w i l l  have a profound influence on the control forces in steady 
flight 

These data have been used to predict the s t a t i c  longitudinal 
s t ab i l i ty  and control characteristics of a hypothetical a i rc ra f t  
employing the trine and fuselage prevlous3y described. This a i rc ra f t  
i f  shown in  figure 6. In  order t o  permit the reduction of the hinge- 
moment data, a wing area of 500 square fee t  has been assumed. The span 
i s  thus 31.6 fee t .  I n  order t o  f u l f i l l  its assumed mi~sion,  the 
a i r c r a f t  must be capable of' engaging in t ac t i ca l  maneuvers a t  a Mach 
number of 1.5 and an al t i tude of 60,000 f e e t  vdth wlw l ~ad ings  of 
a t  leaa t  60 pounds per equere foot.  7 

- 
The variation with-Mach number of the elevon angle and the elevon 

hinge moment mguired t o  balance the a i rc ra f t  in level  f l i gh t  at: 8n 
altituhe of 30,000 f ee t  is ahawn in figure 7 * m e  airplane center of 
gravity has been assumed a t  32 percent of the EI . A d .  . Not? in . 

- 

part icular  Wat, due t o  the l&ga negative- value of ha, the 
-*& 



variation af sticlc force with speed is neutrally stable over m o ~ t  of 
the speed range. ,Note also that  d e q i t e  the larp d i e - h c e  between 
the center of gravity and the aer3dynaml.c center a t  supersonic speeds, 
the elevon angle required t o  balance the a iq l ane  a t  supereonic speeds 
i s  eseentially inde~endent of the Mach n~miber . !&is neutral sticlc- 
fixed s tabi l i ty  is  due to the lose In elevon effectiveness associated 
w i t h .  increasing superEtonic h6ch numbers. 

- 

The variation with nor& acceleration of the elevon angle and 
elevon hinge moment i n  s t e a o  turning flipfit  at two high subsonic . 

Mach numberls is shown i n  f i g k e  8. For these c ~ u t a t i o n s  it is  
assumed that  the elevon i e  used for both balancing the a i rcraf t  end 
as  the meuver ing control. The rapid.changes in control forces a t  
l y g e  normal accelerations is,due t o  nonlinearity of the elevon hinge 
moments a t  these high Mach numbora. 

' 

The effect of the locatian of the center of p a v i t g  on the 
maneuverability of the a i rcraf t  a t  a Xach nunber of 1.5 i s  6hof:n in 
figure 9. Ln a l l  cases the elevator deflection has been limited 
t o  12' which is the critical-flow deflection angle fo r  th i s  rlach number- 

It is apparent that  if the aircref t is t o  i~rocluce a normal 
acceleration of 46 at an ati t iade of 60,000 feet 1d.a a wing load-ing 
of 60  pound^ per equare foot, the center of g a v i t y  nwt be at; about 
43 percent M.A.C. H~wever, with the center of p a v i t y  t h i s  far aft, 
the a i rcraf t  will bebone longitudinally ~mstable at  subsonic speeds. 
If the airplane center of' gravity is not permitted t o  move a f t  of 
32 percent M&.C ., the most a f t  center of grae-ty fo r  s tabi l i ty  at  
landing, the maximum normal acceleration which can be produced by the 
elevona for the above conditian is oaly 0 2 ~ .  It is obvious that  the 
maneuverability of the airplane would be enhanced if sams auxiliarg 
trimming device were aoallable so that  the elevon pawer could be 
reaerved f o r  maneuvering. 

-. 
- - - -  

The effect of s ta t i c  w@n on the theoretical increment i n  
elevon hinge mbmsnt per g of normal acceleration i s  shorln i n  figure 10 
f o r  f l i gh t  a t  a Mach number of 1.5 a t  an al t i tude of! 60,000 feet .  
It i 4  seen that the control fmcee . w i l l  became enormous unless the 
s t a t i c  mar#.n is maIn&&ed between 5 and 12 percent. A t  lower 
supersonic speeds, the control forces are even h i a e r  due t o  the 
very rsp3d ziab of negattve Oh8 . vith b c r e a s i x  agereonic Mach numbers. 

The land* charactkristics - 09 the triangflar-winged a i rc ra f t  have 
been' computed for w i n g  load-s 09 20,' 30, and 40 potmas per square foot.  
The data uaed f o r  these computations were all obtained a t  a Reynolds 
number of 15,000,000 and a Machngber of 0 .la. The variation w i t h  
Landing speed of the elevator angle, contyol hhge  mokent, sinklng speed, 



' l e . s ~ -  .. . 
and angle of attack $0 presented In figure 11. Far aU of them 
coqutations the only longituand.  control is the constant-chord 
trailjng-edge elevator, and landing is aesumsd t o  be accompliehed. 
with power off. It is observed that  a push force .is required t o  3- 
the airplane and that the variation of elevon force vith @ee& ie 
-table over most of the apeed range Note that f o r  8 landing o:,ocd. 
of 140 miles per hour wlth a wing loahiryf of' 40 pouni?s per square foot, 
the sinking epeed i s  in e*ess of 60 feet ,a aacand'arih t h e  aix$X& - 4 -% - 
angle of attack is greater than 20°. The lif t-drag r a t i o  fo r  th i s  
condition is only 3.0 . 'Phese values indicate the neces~i ty  of apply* 
power i f  a safe landing is t o  be accamplished. 

Recent tea ts  of a similar wing and c o n ~ o l h a v e  been made in the 
Langley free-fl i@ tunnel. These t es t s  indicated that  the airplane 
wss cmtro11able-up to  a m w d m m  l i f t  coefficient of 1.0. A noderate 
anow1t of diff iculty was observed in fry- t o  fly the n@el a t  theee 
hi& U f t s  due tu the large speeds. The tes t s  did ipucate ,  
however, that slow- speed f li&t could be achieved despite the large .. 
angle of attack and the high drag. 

', 

Exemination aF the p r e c e w  data p e n p l t ~  several interesting 
observationo r e e d i n g  the performance of a trian6-alar-Nix a i rc ra f t  
with a constent-chord control. In the first place, the e lemtor  18 
not adequate for both tr.fmmlnn and maneu~~winl; . t he  aircraf t  a t  hi@ 
alt i tudes with m e  w b i i  loadings, i;ind tho elevon 'forces' ere ,lsirch as 
t o  require anvirreversible power control. Second, the sink- q e e d  
and landing attitudes of t h e  aircraft a m  exceosive when the.fle2 be 
used a~! a longituainal control. Third, the variation of aerodynamic 
center w i t h  Mach nuniber, alf21ov.gh much leee then fo r  a straight-wtng 
configuration, is sufficient to complicate severeu the problem of - 

longituainal control. Lf the center of mavity is permitted t o  move 
aft as fue l  is consumed in  supersonic f l i gh t  so as to keep the super- . 
eonic s t a t i c  margin down to  a reaaoncible f %@me, there q t  be 8 b m ~  
method of moving the center of gravity fortrard or the aeroQmm.Fc 
center a f t  t o  permit e tabi l i ty  at  low speeds f o r  landing. A possible 
~ o l u t i o n  t o  t h e ~ e  yroblams is presented in the following discussionb 

Consider a eecond small triangular wing mounted f a r  forwar$ on 
the fwelage as shown i n  figure 12. For landing, permit th i s  auxiliary 
wing to f l oa t  freely about i t e  30 percent MeAwC. w i t h  ik float-. 
angle detemined by the _ def lec~lon of _constant-chord Wailing-edge 

. f l ap  connected to the pi lot 's  control. ~his-f?ee~y floatfig-*- 
w i l l  not hffect the aeroilynamic center of' tkie a i q l m e  but w i l l  serve 
as a very ,powerf'ul longitudinal con-kol . For the present analysie, 

, this trimmer wing i e  considered t o  h ~ v e  an area equa. to 8 percent 
of the wing area' aria a distance P'rom t h o  me-quarter #.A&. a9 the-  
mafn wing of 1.3 mean aerodynmic chord .- lenfthe. - - 

4il!mim. 



. . 
The trimmer configuration f o r  which the present computations have 

been made has not been taeted a t  tr=sonic o r  oupersonic qee-.  
Downwash from the trimmer may have a sizeable effect  on the airplane 
character is t ics ,  but f o r  the present analysis no interference ef fec ts  
between the trimmer and the wing or between the fuselage and the 
trimmer have been cansidered. 

The larding character is t ics  f o r  t h i s  configuraUon with the wlng 
f Laps deflected lo0 are  presented i n  figure 13. The sinking speed 
and ground angle f o r  landing wla the elevons is  shoTm f o r  comparison 
For bassets of calculations, the center of ga - r l ty  is a t  32 percent 
M .A .C. Note tha t  the f loatiry: tr immer reduces the sinking speed of 
the a i r c r a f t  f o r  a given c m t a c t  speed by more than 25 percent and, 
equally i m p o ' x ~ t ,  reduces the ppe~tnd angle by a s  much ae llO. The 
sinking speeds a re  s t i l l  of' such ma@itude, however, that power w i l l  
have t o  be a--plied f o r  landing 

A t  a Mach number of 1.5 Khe trimmer is  very ineffective.  This 
r e s u l t s  d i rec t ly  from the fact that,  if' the t r ianer  pivot i s  placed 
f a r  enough forward to  insure free-floating s t a b i l i t y  a t  the landing 
condition, the t r i m e r  s t a b i l i t y  is so large a t  supersonic speeds 
that  i ts  control i 0  iaeffect ipe in  ~roducing  lift. 

. . 

The f a c t  t h a t  the f loa t ing  t r i m e r  does nqt a f fec t  th; aerod~acrmic 
center, whiXe locking the trinrmer will move the aerodynamic center 
forward by 12 percent M.A.C., swges t s  a method of reducing the s t a t i c  
margin a t  st~yersonic speeds without causing ins t ab i l i t y  a t  lmding . 
If the dlsposable load is so arranged t h a t  the center of gravity 
contirmally'rnoves aft as f u e l  ie c6nsumed, take-off, climb, and 
supersonic f l i g h t  can be accomplished with the trimmer locked and 
landing can be made w i t h  the t r h e r  float%. 

-- 

' Thus a t  take-off with the trlmmr locked, the aerodynamic center 
w i l l  be a t  approximately 26 percent M.A,C . and the center of gravity 
may be at 20 percent M.A.C , AB f u e l  is cansume0, the center of gravlty 
mag be permitted to move aft to 32 yercent M.A.G., resulting In  a 
6-percent s t a t i c  margin a t  a ~ a c h  rimer of 1.5. A s  meed is reduced 
f o r  landing, the trimmer may be unlocked a t  a Mach number of about 1.1, 
.per&ttiryg t;he landing trr be mmie with a e t a t i c  marsin of 6 percent 
w i t h  the same center-of-gravity posit ion as a t  the termination of super- 
sonic f l i&t.  With the trlsrmer locked, it may be used a s  a trimming 
device a t  high qeedo and take-off, using the trailing-edge elevators 
on the wing a s  a maneuvering control. The maneuverability with this 
arrangement a t  a Mach number of' 1.5 and an a l t i tude  of 60,000 f e e t  is  
shown i n  f i ~ l r e  14. It is observed tha t  w i t h  t h i e  arrangement if the 
center of gravi-ty is  not permitted t o  move aft of 32 percent M .A.C. 
(the center-of - a a v i t y  posit ion fm e t a b i l l t y  a t  landing), the e l e v m  



are capable of producing a maneuvering nomal 'acceleration of 3.758 
campared t o  0P2g with the elevans alone (fig. 9 ) .  This increased 
maneurerability over that  with t ho  plain elevnns is due not only to  
+he increase in elevon powel- resulting frout t h e  use of the trinrmer 
but also the permissible reduction 3 ~ 1  s t a t i c  w r g i n  resulting from . " 

the ab i l i ty  t o  control.' the aerodjnamlc center for landing By a256wlQ . - 
the trimmer t o  f l o a t  a t  low speeda. If the disposable load can be 
arranged close to the center of gav i t y ,  it m y  be feasible t o  take 
off and clFni3 with t\e bimmer f ree  floating, locking it only hfter  
supersonic f l igl i t  has been attained* This should no% modify i n  any 
way the flight characteristics previouely presented. 

\ .  

In sumr;lary, it may be stated that, w i t h  the exception of the 
exceedingly large hinge moments, the longitudibd. s%t3bility and 
control of triangular wlng~~ presents no severe d i f f icul t ies  f o r  level  
f l i g h t  a t  Mech numbers up to  1.3. Constant-chord trail--edge elevone 
provide adeqaate control t o  belance the a i r c r e f t  throughout the speed 
range; 'but if a 1mge degree of maneuverability i s  requlred,of a 
h i g h l ~  loaded a i rcraf t ,  same auxiliary trimming derfce should be 
incorporatea In tfie design. One possib.le configuration employs a 
trimmer wing placed f a r  forward on -the nose of the a i rc ra f t  . Use of 
t l l ie trimmar perinits landin& a t  moderate ' pound q l e s  and, mod-est 
sinking speede, and greatly enhances the maneuverability of the 
a i r c r a f t  a t  large lift coefficients. m e  hln~e-monent characteristics 
of a constqnt-chord trailing-edge elevon are such as  t o  require an 
irreversible control mechanism with the  boost power dictated by the 
hinge moments which occur near a Y&ch number of unity 

While the efficiency of a triangular wlng at  supersonic ~peeda 
i s  inferior  t o  tha t  of a highly sweptback wing, the increaeed sfructural  
strength, the Increased maneuverability,.and the q e a t e r  freedom from 
landing pro3lems certainly k ~ a n t  careful coz%ide%tion kbie plan 
f o m  f o r  a i rc ra f t  designed f o r  puroult and in-krceptlon a t  transonic 
and supersonic speeds. 
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Figure 1.- The effect of Mach number on the lift-curve slope and the 
location of the aerodynamic center for a triangular wing of aspect 
ratio 2. 
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rigure 2. - The effect of Mach number on the lift and pitching-moment 
characteristics of a triangular wing of aspect ratio 2. 

7 



I a, (12 FT. w.T.) 
C 

I 

\ I - .04 \ 
\ 

\ \ a6 (WING FLOW) \ 

\ I  

- .03, 

C*(12 FT. W.T.) 1 
l X 3  FT 

- 0 1 
.2 .4 .6 .8 1 .O 1.2 1.4 1.6 

MACH NUMBER w- 
Figure 3.- The effect of Mach number on the effectiveness of a 

constant-chord plain flap on a triangular wing of aspect ratio 2. 
Z 

Figure 4.- The effect of Mach riumber on the lift effectiveness of a 
constant -chord plain of aspect ratio 2. 
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Figure 5. - The effect of Mach number on the hinge-moment character- 
istics of a constant-chord plain flap on a triangular wing of aspect 
ratio 2. .N 

Figure 6.- ~nferce~tor-type aircraft using a triangular wing with a 
constant-chord control. - 
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Figure 7. - The estimated variation with Mach number of the elevon 
angle and the elevon hinge moment required to balance a 
triangular-winged aircraft in level flight at an altitude of 
30,000 feet. 
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Figure 8 .  - The estimated variation of elevon angle and elevon hinge 
moment with normal acceleration for a triangular-winged aircraft 
in steady turning flight at an altitude of 30.000 feet. 



NORMAL ACGELERATION WITH ELEVOM DEFLECTION O f  -IC: Y 

Figure 9.- The effect of static margin on the estimated maneuverability 
of a triangular-winged aircraft at a Mach number of 1.50. 
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Figure 10.- The effect of static margin on the estimated elevon hinge 
moment per g of normal acceleration for a triangular-winged 
aircraft at a Mach number of 1.50. 
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Figure 11. - The estimated landing characteristics of a triangular- 
winged aircraft with constant chord elevons. Center of gravity 
at 32 percent M.A.C. 

Figure 12. - Interceptor-type aircraft using a triangular wing with a 
constant-chord control and a trimmer wing. 
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Figure 13.- The estimated landing characteristics of a triangular- 
winged aircraft equipped with a floating trimmer. 
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Figure 14.- The effect of static margin on the estimated maneuverability 
of a triangular-winged aircraft equipped with a trimmer wing. 
Trimmer locked to balance aircraft in level flight at a Mach number 
of 1.50. 
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