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. CONFIDENTIAL

S

= .o s . INTRODUCTION

L

This document contains reproductions of technical papers on
gome of the recent ressarch results from the NACA Laboratorles on
aerodynamic problems pertinent to the design of transonic alrplanea.
Thege pepers wers presented at the NACA conference held at the
Ames Aeronautical Laboratory November 5 and 6, 1947. The pwrpose
of this conference was to convey to those Involved in the study of

. the serodynamic problems of transonic aircraft these recent resesrch

results and to provide those attending an opportunity for discussion

of the results.

The papers in this document are In the seme form in which they
were presented at the conference so that distribution of them might
be prompt. The original presentation and this record are congldered.

ag complementary to, rather than es substlitutes for, the Committee!s
system of complete and formal reports. ‘ o

A 1ist of the conferess is included.
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A REVIEW aF RECENT INFORMATION RELATING
TO THE DRAG RISE OF AIRPLANES
By J. W. Wotmore |

Langley Memorial Aeronautical Leboratory
INTRODUCTION

The eirplane, of conventional design as we know 1t today, has
very nearly attained its limit in practical operating speed at about
500 miles per hour. With the largs drag increase attending the formation
of shock waves at these speeds, pushing the ailrplane to appreciebly
greater speeds results in a orohibitive logs in efficiency or L/D and
the eirplane is no longer capable of performing 1ts primary function
of carrying a pay losd & reasonable distance. Consgider, for exampls,
the case of a renresentative modern jet alrplane having a wing loading
of ebout 50 pounds per square foot and operating at en altituds of
30,000 feet. -

waro - In flgure 1 the upper solid curve shows the varlation of dreg
coefficient with speed or Mach number (reference 1) and the lower
curve, the corresponding variation 1n range (rased on assumption of
constant specific fuel conswmption In terms of thrust). For en
increase in speed of about 100 miles per hour or in Mech number of 0.15
above the spsed at which the drag rise sterts, the range would decrease
about 75 percent and would be too small to be useful. The dashed
curves show that if the drag rise could be delayed sufficiently, or
eliminated, the speed could be ifcreased 100 miles por hour with only
a lO-percent loss 1in range or 200 miles per hour with about 20-percent
decrease in range. (This small loes in range results from the
condition of constant altitude assumed here: +the effect of decreasing
L/D, resulting from the decreasing 1ift coefficient with increasing
speed, somewhat more than offsets the effect of the increasing speed.)

With the development of more concentrated fuels end efficient
power plants to utllize them, the effect of the drag rise will no
doubt be less critical fram this stendpoinit, but for the present, at
least, 1t seems clear that further increase In the speeds at which
airplanes may operate efficlently will be accomplished by changes in
aerodynemic design required to avold any substantial drag rise wp
to these speeds.

S The purpose of this paper is to point out briefly the information
relating to drag in the transonic renge which is available to guide

designers in planning efflclent higher speed alrplanes.of the immediate

futurse and to Indicate some. of the trends in these data. The principal
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sources of the information that will be presented ere the high-speed
tunnels, covering the lower end of the tranconic rangs up to Mach
numbers of 0.9 to 0.95, tests of free~fall modcls dropped from high
eltitudes covering practically the whole transonic range, end tests
of rocket-propelled models dealing with the upper end of the range
from Mach numbers of 1.0 to l1.2. '

- WING CONFIGURATIONS

The wing which is, of course,- the mejor source of the drag rise
of present airplane configurations will be considered first. Figure 2
indicetes the increase in the Mach number of the drag rise that can
be obtained with wnswept wings by using thinner wing sections. The
solid ‘lines actually represent the Mach numbers at which the drag
coefficlent has increased 0.005 above the sub-critical value. The
usé of this value provides a better indication of the trends than the
use of the value at which the drag rise actually begins since the
latter valus is not always cleerly dsfined. The start of the drag
rise occurs in the region between the solid line and the dashed line
"which defines the theoreticel critical Mach number of the wing sections.
The Mach number of the drag rise is shown as a function of the thickness-
chord ratio of the wing: in the left hand figure for a tapered and
cambered wing at & 1ift coefficient of 0.2 as tested in the high-
speed tunnel (reference 2); and in the right-hend figure for e straight,
symuetricel wing at zero lift from the results of Tree-fall tests
(refersnce 3). It is indicated thet in both cases the Mach number of
the drag rise Increases by 0.015 to 0.02 or between 10 and 15 miles
Per hour for each percent reducticn.in thicimess ratio.

The effects of aweepback and aspect ratio on the Mach number of
the drag rise, defined as before, are illustrated in figure 3. In
. this figure, the Mach number of the drag rise is shown plotted against
the ‘Inverse .of the aspect ratio from the results of high-speed tunnel
tests of two series of unswept wings of different ailxrfoil section, end
a series of wings of 30° sweep (references 4 and 5), and from the
results of free-fall tests of two wings of 45° sween (reference 6).
The indicated values of the drag-rise Mach number at infinite aspect
retio for the swept conditions were estimated from two-dimensional
high-speed tunnel data using the simmle cosine law for infinite yawad
wings. The results indicate that the bencfits of sweep are increased
- ag_the espect ratio increases particularly for large sweep angles.
.Conversely, although decreasing the aspect ratio provides a substantial
increase in the Mach number of the drag rise for the unswept wings, it

- has 1ittle effect when the wings are sweptback 30° end becomes adverse

for 45° sweepback. It may be noted that in order to avoid a2 substantial




"d.rag rise up to or through sonic velocity with the wing thicknesses
. considered a sweepback of at lesast U5° is requirad. :

A considerable emount of data on the drag of wings at the

upper end of the transonic range has been obtained by the rocket
technique and although these results do not define the condltions
of the drag rise, they, together with the free-fall data, do show
~ the extent of the dreg rise and provide an indication of the wing

configurationg that will be required to extend speeds for reasonatly
efficlent airplane operation to Mach numbers above 1l.0. Figure L )
shows the variation with thickness ratio of the drag coefficlent of
unswept wings at a Msch number of 1.15. Dsta from both rocket and
free-fall tests (references 3 to 7) are included and although there
is considereble scatter due to the different test techniques end
different aspect ratios, which will be discussed later, the trend
is well defined. The large reduction in draz at this speed afforded
by decrcasing the wing thickness is clearly shoyn. As an lndication
of what the. drag data at Mach number 1.15 shown in this and subsequent
figmres mean in relation to thrust available from present turbojet
power plants or those in immediate prospect, it is esitlmated that the
drag coefficient for a complete single-engine airnlane of representative
dimensions operating at altitvdes of 30,000 to 40,000 feet could not
~ exceed about 0.02+ According to this-figwre then, the thickness: -
ratio of an unswept wing would have to be something less than 4 percent
to permit attaimment of Mach number 1.15. ~

The effects of sweep and aspect ratio on the drag at Mach number 1.15
ere shown in figure 5 which agein includes data from both rocket and
free-fall teats (references 6 and 8). Here the drag coefficients are
- Dlotted againgt the inverse of the aspect ratio for sweep angles

_ from 0° to 52°., All the wings ers of NACA 65-009 section in planes
normal to the leadlng odge. The trends indicated in this figure are
generally similer to those of figure 3. That is, the effect of sweep
in decreasing the drag becomes greeter with incrsesing aspect ratio

and the effect of reducing the aspect ratilo, althouch favorable with

no sweep, disappeers at moderate sweep angles and becomes adverse

with greater sweep. The raesults shown here do not of course give the
complete story, which would require consideration of structural
requirements and space requirements for fuel storage and so forth.

For example, the beneficiael effect Indicated for reduced aspect ratio
of the unswept wings, is due to aspect ratio alone and does not teke
account of the reduction in drag dve to the thimner wing sections

that could probably be used with the smaller aspect ratios. Furthermore,
the indicated advantage of sweep 1s not entirely reallstic since it
applies to constant wing thickness in planes normel to the leading edge;
~whereas for structural réasons the thickness would probably have to

be iIncreased considerably with increasing swesp and the benefits would

"
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thereby bé reduced. Consider ‘again the valuve of drag coefficient 0.02,
representing, es before, the probable limit for a single-engine
airplane with the Jet engines that will be available in the near
future: 1t appears that to attaln a Mach number of 1. 15 vithin this
limitation the wing would have to be swept at least 45° and probably
more to allow for the drag of fuselage and other elements of the
airplanc. _

There has becn scme interest, for various veasons, in the
poesibilities of using forward sweep rather than sweepback. In
figure 6 the variations of drag with Mach mumber through the tremsonic
renge for a sweptback and a sweptforvard- wing are compared from the
results of free-fall tests (reference 9 and deta not yet published).
The wings are similar in all respects except taper, .and it is shown
that the results are very simllar. These resulis wmay be "influenced to
same extent by effects on ths wings due to the flow flelds of the
bodies used 1n these tests. In this comnection it might be of interest
to mention that the sweptforward wing was found to have a considerably
more edverse effect on the dreg of the body, at Mach numbers of 1.0
and above, than the sweptback wing. However, the indication that
the direction of sweep has little effect on elther the Mach number
or the extent of the drag rise of the wing alone is supported by
- other data from wind-tumnel tests (reference 10) and rocket tests
(reference 11). .

As pert of the investigzation of wing-plen-form effects on drag
et high transonlc speeds, rocket tests have been made of several
configurations incorporating variations in tamer as well as sweep
(references 12 and 13) Figure 7 shows the drag coefficients at a
Mach number of 1.15 in relation to the taper ratio, grouped for
approximately constent sweed angles of either the mean line or the
leading edge of the wing. The thickness chord ratio Iin the stream
direction is approximately constant for each grouwp. With the mean
line wmswept, tapering the wing to & pointed configuration provides
L} substantial reduction In drag over that of the umtapered wing. The
second group indicates that with the leading edge held constant at 459,
tapering the wing tends to be unfavorable and this trend appears to
continue to the inverse-taper condition shown by the third group.

Thege results apparently Indicate simply that sweep of the leeding

edge is not the determining factor for tapered wings. Perheps, the
most Interesting feature of these data i3 shown by the fourth group
where the result of tapering the wing about a 45° swept mean line

1s Indicated. The taper in 1tself has practically no effect in this
case which suggests that it should be possible to take full advantage

of the benefits of large sweep and thin sections with considerably less
difficulty frcm structural problems than in the case of untapered wings.
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.. Investigation of the effects of alrfoil section on the tramsonic
drag characteristics of finite wings has been limited mainly to
determining the effects of sharp leeding edges, with the.thought
that they might provide same benefit in the tra.nsonic range &s well
as at supersonic epeeds. Figure 8 shows the variation of drag with
Mach number from free-rall tests (reference 14) of a six-percent-thick,
unswept wing with a sharp-cdge circular-arc section and one with -
~ NACA 65-series gection. Little difference is indicated and such as -
there 1s favors the 65-series sirfoil. Similar comparisons from -
rocket tests:with thicker unswept wings and with swept wings, including
double~-wedge as well &s circular-arc sectlons (reference 7) leed to
the seme concluslons - that wings with supereonic-type sections tend
to have scmewhat poorer drag characteriatics in the transonic range v
than wings with more conventional high-speed sections.

BODIES

With the delay and reduction in the drag rise of wings that eppser

possible from the foregoing results the drag characteristics of the-
- body or fuselage of the alrplane may well becamne the critical factor
"in determining the limiting normel operating speed of the alrplane.
An investigation of body drag through the transonic renge has been
undertaken by the free-fall method (reference 15) and the results to
date are shown 'ih figure 9 in which the drag coefficlents, based on
frontal area, of four simple bodles of revolution, varylng in fineness
ratlo and in thiclkness distribution are compared over- the Mach number
range from 0.85 %o 1,08. The drag velues shown include the drag of -
the stabilizing tall swrfaces which were identical in all cases. The
body of fineness ratio 12 had a similar thickness distribution to that
- of the fineness ratio 6 body, with the maximum diameter et half the.
body length. The start of the drag rise of the fineness ratio 12 body
appears to occur at a considerably higher Mach number than for the
fineness ratio 6 body althoush this adventage is more then offset at
Mach nunbérs below 0:9% by the greater skin friction drag of the longer
body. The: exten’c of the drag rise is also much less - on the order of
one-third - for the slender body so.that at Mach .numbers around 1.0
its drag coefficient is only about 60 percent.of that of the fineness
ratio 6 body. The other two bodies. were foimed by combinations of the
forebody and afterbody shapos of the Finensss.retio 6 and fineness
ratio 12 bodles., Of these two. bodies, the one with the blunter
forebody and more slender afterbody has a lower drag st Mach numbers
‘ebove 0.92. Although the drags of both these bodies lie generally
between the éurves for the fineness ratio 6 and 12 bodies, the values
- are eomewhat higher at Mach numbers above 1.0 than would be expected
for a fineness ratio 9 ‘nody of similar shape to the & and 12 'bodies.
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This will be indicated more cleerly in enother figzwre. A further
point of interest in the date in this fisure is in the similarity of
the drag variation ebove Mach number 1.0 for the bodies of similar -
nose shape: for the two bodies having the more alender forebody

the curves flatten out, whereas with the blinter nose shape the

" . dreg coefficient’ continues to inérease, suggesting that the nose shape

beccmes the dominent factor in detemining the character of the drag
variation of bodies very shor‘bly after Mach nvmber 1.0 has 'been
' ‘exceeded. ,

figure 10 the drag coefficiente of the four bodies at & Mach
number of 1.08 are plotted to logarithmic scale as a function of the,
inverse of finoness retio. The drag values shown heve been reduced
to represent approximately the- pressure or wave drag by subtracting
the measured dreg of the stabilizing tail and estimated skin friction
from the values shown in figure 9. The valuves for the fineness
retio 6 and fineness ratio 12 bodies, which may be coneidered as
belonging to the same shape femily, f‘all very close to a line which
defines the drag as a function of the square of the inverse fineness
- ratio, or, in effect, the.square of the thickness ratio. This
result is in accord with ‘the theory for the wave drag of slender
‘bodies of revolution at su'oersonic 5peed.s and in fact the camplete

g

: 2
relation C%c 10 .7( ) defined by 'bhis line is almost exactly

the seme as that derived theoretically by Lighthill for slender :
parsbolic bodies (refererice 16). The fact that the data for the
two fineness ratio 9 bodies with maximum diamcter forwerd and aft of
the midlength of the body lie above this line, Indicates that these
depertures from the shape family represented 'by the fineness ratio 6
- and 12 bodies are both mfavora'ble.

: In cornnection with a study of the gources of the d.rag rise of
bodies in the transonic ramge, pressure-distribution measurements on e
body-of revolution have been obtained by the wing-flow method over _
the range of Mach number from 0.85 to 1.05 (rexerence 17). Some of
these results are shown in figure 11. The body was of parebolic shape
in longltudinel section with & Fineness ratio of 6 end was sting

- supported as indiceted in the sketch in the left hand figure. The

Pressure-orifice locations are also shown in the sketch. The pressure
distributions along the body are shown for four Mach mumbers from 0.92

to 1.05 in the left hand figure snd the variation of pressure-drag

coefficient with Mach number determined from these data 1s plotted in

the right hend figure. The pressure distribution for Mach mumber 0.92

- 18 typical of the results obtained at lower Moch numbers end gave no
apprecisble preseure. drag.- With increasing Mach mumber, the suction

. peak moves- back of the maximun diameter of the bod.y and the pressure

v . - . -

. -
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drag rises accordingly. The greatest rearward movement of the suction
peak in relation to change of Mach number occurs between Mach

number 0.96 and 1.00 and the drag rise 1s also most abrupt over this
rangs. At Mach numbers from 1.00 to 1.05, thz change in pressure
distribution and in drag coafficient is relatively small. Although
the pressurés over the forebody increase somevhat as the Mach number
increases and thereby contridbute to the drag rise, the greater part of
the effect up to Mach number 1.0 arises from the growth and rearward
movement of the suction on the afterbody. As an indication that the
pressurs measurements and their interpretation in terms of the drag
rise are probably not greatly influenced by the low Reynolds number
of these tests, the drag cwrve fram ths free-fall tests of a fineness
ratio 6 body of generally similar shape is givem by the dashed line
in the right-hand figurs. The Reynolds number of these tests was
some twenty times that of the wing-flow tests but the shapes of the
curves are remarkably similer. _ '

WING-BODY INTERACTION

A final interpretation of the results of investigations of
airplane components requires, of course, gome understanding of the
effects of combining these components in the complete airplane
configuration. Figwres 12 and 13 indicate soms of the tendenciles
that have been observed in the effocts of wing-ITuselage interactlon
on the drag rise. Figure 12 shows the variation of dreg coefficient
with Mach number through the beginning of the drag rise for three
unswept wings of varying thickness from high-speed tunnel tests
(reference 2!+ The solid lines apply to the wings alone, and the
deshed lines to the combinations of wing end fuselege. For these
cases, the Mach number of the drag riss and the rate of increase in
the drag coefficient beyond the start of the dreg rise appear to, be
practically unaffected by the addition of the fuselage. A similar
absence of effects of adding a fuselaege to the wing was noted in the
results of high-speed tumnel tests of en airplane configuration
incorporating a 35° sweptback wing (reference 18).

A conBiderably different result was indicated from free-~fall tests
of wing~body configurations incorporating wings of greater sweepback
{reference 19), Figure 13 compares the dreg-coefficient variation with -
Mach number for two combinations of identical 45° swept wings and
Tineneas ratio 12 bodles, differing only in- the position of the wings
on the body. With the wing located 1/8 of the body lemgth back of -

. .its maximm diemeter, the drag rise apparently did not occur until
the Mach number was at least 0.05 greater than for the arrangement -
with the wing a similar distanceé forward of the maximum diameter,
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eand the drag throughout the Mach number range covered was markedly less.
From the simultancous measurements of total drag end wing drag obtained
in these tests 1t was evident that the greater part of the diffsrence
shown here arose from the effect of the wing vposition on the body drag:
With the wing in the roarward position, the »resence of the wing
apparently reduvced the dras of the body anpreciably bslow the values
obtalned with a similar body without wings, wheress with the .wing in
the forward position, the body drag was incressed. It appears from
these results that considereble attention should be given to the
arrangement of the wing on the fuselege, at least when large sweep
angles are used, to avold the possibility of rather large unfavorable
interaction effects. - : ~ -

CONCLUSION

By way .of conclusion, figure 1i was prejared to provide a somewhat
more direct indlcation of the advances in omerating sneeds that may
be expected from some of the changes in airplemne configuration that
have been discuseed. This figure shows the veriation of crag Coeffi-
clent with Mach number for three simple body-wing-teil configurations
incorporating fineness ratio 12 bodies varying in wing sweep and
thickness (reference 19 eand date not yet published) compered with that

for the representative modern jet fighter discussed carlier (reference 1). -

The curve designated T/sq represents the probable thrust capabilities
that can be expected of a turbojet engine in the immediate future in
terms of a representative wing area and dynamic pressure for comparison
with the drag coefficients. The speed of the conventional eirvlane,
with unswept wings, 1l3-percent thick, is limited by the intersection of
the thrust end drag curves to a Mach number of 0.30 with the highest
speed for reasonably efficient cruising probably not greater than

0.70 in Mach number. It was found that the drags of mgdels of three
projected high-speed alrplanss with wings of around 35° sweep and

10-to 12-percent thickness (references 18, 20, and 21) fell generally
between the two drag curves for the 35° configwrations shown here. It
eppears therefore that maximm speeds up to Mach number of 0.9 to 0.95
and reasonable range wp to Mach numbers of almost 0.9 can be reallzed
with the moderate sweep and thickmess that are being incorporated in

a number of new high~spesd Jet airplanes now in design, construction,
or prototype steges. The h5° swept~wing erran-ement shown on the

right attained the higheat Mach number before the drag rise and gave
the most gradual drag rise of any wing-body~tail combination for which
free-fall test data are available. From these results it appears that
with wings having sweep angles of 45° and sufficiently slender bodies, -
arranged to avold unfavoreble interaction effects, airplanes cruising
et Mach numbers up to 0495 and with top speed arownd Mach number 1.0 are
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qulte possible,-with turbojlet engines that are or probably soon will
be avallable., This does not constitute the limit, of course: more
extreme sweop should permit further advances in airnlane operating
speeds and an indication of the results that can be expected with
sweep angles up to 63° will be glven in a paper by Robert T. Jones.
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AIRFOIL SECTION CHARACTERISTICS

AT HIGH SUBSONIC SPEEDS

By Louis S Stivers, Jr.

Anae Aeronautical Laboratory

The . design of airplans 1ifting surfaces and the prediction of
their aerodynamic characteristics. have always depended to_a great
extent, on airfoil section data. The drag data are of pazticular
significance from the standpoint of alrplene psérformance, whereas .
the 1ift and pitching-moment data are of appreciable importance from -
the point of view of atrplané stability and control. It was first '
believed, nevertheless, that airfoil section data would be of '
1limited value for swept -wings. Recent theoretical work of S
V. V. Struminsky and also of R. T. Jones reported in Yefersnces 1
and 2, however, have indicated that airfoil dection data should Have
a wider scope of application in the design of high—espect—ratie ;, N
swept wings. In such use, the aerodynamic characteristics of the'i -
 airfoll section normal to the swept leading edge are used together 'S[qt

with the Reynolds and Mach-numbers corresponding to ths normsl .
componsent of the free-stream velocity. According to the preeent L
knowledge, this 1s the .most logical piocedurs for-the selection’ of.
airfoll sections of a high-especbqratio wing ‘el ther straight or’
swept.. .Although the qualitative use of airfoll section data ig =
made in the design of swept wings, it should mot be Inferred thet
such data maey be used quantitatively. In view of the aforementloned
application: it was thought that & review of important high~speed
properties of several NACA 6-series airfoils would Ye of interest.
A large part of the data which will be - presented has already been
reported in.references 3 and k.

It ie generally known that the reduction in the lift and the

abrupt increase in the dreg of an airfoil section (in other words,
the divergence of forces) occur at speeds somewhat greater then the
airfoll critical speed. Since the force-divergence Mach numbers -
"~ for a given airfoil are of particular interest in the design of -
wings for high—speed aircraft, it has been suggested that the critical
Mach number might be used as a conservative indication of these Mach
numbers. In figure 1 is shown a calculated curve of critical Mach
number for the NACA 6&-210 airfoll section. This curve was deter—
mined from the Karmin-Tsien relationship between the critical Mach
numbers and the peak incompressible pressure coefficients of the
airfoil. The extremities of the curve are determined by the peak
:preseures at the airfoll leading edge, whereas the center part is
determined by the peak pressures which are, for this airfoil, at
0.4 chord. For comparison, curves of lift— and drag-divergence Mach
numbers determined from experimental results are also shown.



16 rF |

L
It can be ssen in figure 1 that the critical Mach number curve
18 entirely inadequate in indicating the range of 1lift coefficlent
over which the lift— and drag-divergence Mach numbers are tho
highest. Only in ths center part does. the curve of critical Mach
number approximate the force—divergence Mach number curves. This
center part of the critical Mach number curve is quite close to
the curve of drag-divergence Mach number, but the curve of 1lift—
divergence Mach number {s about 0.025 Mach number higher. For every
11ft coefficient shown in this figure, the Mach numbers of 1ift
divergence are greater than the Mach nmumbers of drag divergence. A
comparison of experimental and calculated critical Mach number curves
has shown very good agreement between.the center part of the curves;
the- extremities of. the experimental curve, howsver, came belween
those of the curves of:caltulated critical Mach number and the curves
of force—divergence Mach numbers. It is apparent, then, that the
Kdrmén-Tsien relation oversstimates the Increases in peak pressures
at the airfoil lsading edge. It is quite significant to note that
there are greater differences between .the force-divergence Mach
numbers and the critical Mach numbers when the critical Mach numbers
have beon determined from peak pressures at the airfoil leading edge
then when they are determined from pesk pressures located somewhat
behind the leading edge. This is explained by the fact that at a
given increment in Mach number above the critical the extent of the

‘region of supersonic flow at the leading edge is much less than the

corresponding region of flow at a position on the airfoll someWhat
behind the leading edge. These remsrks are also a.pplicable to other
a.irfoils besid.es the NACA 6-series type :

The d.isposition of these curves of calculated critical Mach

_nﬁmbers and experimental lift— and drag-divergence Mach numbers

for other- thin NACA 6-series airfolils can be expected to be similar
to that shown in figure 1. At low lift coefficients the cambered
airfoils have 1ift~divergence Mach mumbers that are 0.02 to 0.06
greater than the drag-divergence Mach numbers. In gensral, the
differences between these force-divergence Mach numbers appear to

bé the greatest for the NACA 64— and 65-series airfoils, .The ranges
of 1ift coefficients over which the force-divergence Mach numbers:
are the highest also appear to be somewhat greater for these aeries

: of a.irfoils. o

Associa.ted with the divergence of a.irfoil lift at, supercritica.l

Mach numbers is the variation of angle of attack required to malntain

a given lift coefficient and the reduction in airfoil lift—curve
slope. - Shown in figure 2 for several NACA 6li-series airfolls is
the. affect of airfoil thickness ratlo and camber on the section
angle of attack required to maintain a 1lift coefflclent of 0O.1l.
Va,ria.tions in this angle of‘ ‘attack are significant in that they lead
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to corresponding changss in airplane trim. This Pigure shows that -
for the cambered .airfoils the Mach number of the abrupt change in.
angle of attack increases with a decrease 1n airfoil thicknesse ratio.
It appears, also, that the large variation in angle of attack is not
alleviated by a reduction in thickness ratio but is delayed to
higher Mach numbers. The advantage of the symmetrical airfoll-is ..
clearly evident when the curves for the NACA 64—210 and 64~Ql0 air- .
foils are compared. Up to the highesf ‘Mach numbsrs shown, the data
indicato that the symmetrical airfoil can maintain a constant 1ift
cosfficient of 0.1 with only very small changes in angle of attack.,,

In figure 3 are ‘shown the effects of thicknsss ratio and extent
~ of favorable pressure gradient on the section lift—curve slopes per
degree of several NACA 6-series airfoile. From the ptandpoint of
the static longitudinal stability of en ajrplene, the variations of
the lift—curve slope of the wing are of apprecisble importance. -
When the lift-curve slope of the wing increases, the downwash at
the tall plane increases correepondingly, leading to-a decrease in
alrplane stebility; and for a decreass in the lift~curve slope the
converse 1s true. The thickness effect for several NACA 6h—esries
airfoils 1s indicated in the upper group of curves in figure 3.
It can be seen that the Mach numbers at which the lift—curve slcopes
- begin to decrease and the wvalues of the lift—curve slopes at these
~Mach numbers increase as the thickness ratiq decreases. It is of-
Intereat to note that the maximum value of the lift~curve slope for -
the airfoil with a 6-percent thickness is nearly three times as
large as the value at low speeds. The effect of a change Iin the
extent of favorable pressure gradieat from Q.4 chord to O .6 chord
for' 10-percent thick NACA 6~series airfoils is indicated in the
lowor group of curves in this figure. The data show that the meximum
values &8f lift—curve slope decrease as the region of favorable
pressure gradient becomes more extensive or as the position of
meximm thickness moves rearward, (Ths positions of maximum thick—
ness for the NACA 6b-, 65—, and 66-geries airfoils are at approxi-
mately, 38-, 4l-, and h5~percent chord, respectively.) The Mach -
numberb at which the 11ft—curve slopes begin to decrease seem to
be the lsast for the airfoil having the greatest extent of favorable
pressure gradient. The preceding remarks can be expected to apply
only to airfoils with small trailing-edge angles such as those of
the NACA 6—series airfoils. - , .

Data of reference h show that the lift-curve slopes for the
NACA 63-210 airfoil are practically identical with thoge for the
NACA 64210 airfoil. Unpublished data indicate that camber has
very little effect on the lift—curve slopes of the thin NACA 6—eeries
airfolls., T .
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Presented in figure 4 are the sectlon drag characteristics of
sevaral NACA 6h-geries airfoils as affected by camber and thickness
ratio. The lower group of curves indicate the effect of thickness
at a section 1lift coefficient of 0.2. These data show that the
Mach number of drag divergence increases as the thickness ratio
decreases. Above this Mach number the increases in drag coefficient
appear to be independent of thickness ratio. The upper two curves
of this figuroc show the variation of section drag coefficient at a
1ift coeflficient of 0.2 for the NACA 64-210 and 64~010 airfoils. -
Even though a comparison at this 11t coefficient is disadvantageous
for the symmetrical airfoil, the data show that it has a slightly
higher drag-divergence Mach number. At Mach numbers Just above
those for drag divergence the data show that the NACA 64~010 airfoil
has the least drags; honce, the lift-drag ratios are the hishest for
this airfoil at these Mach numbers., - .

, Pitchingkﬂwment data for the NACA 6—eeries airfolls show, in.
general, no large changes until a Mach rnumber in the vicinity o#

the 1Ift— and drag~divergence Mach numbers has been reached.
Corresponding data for other types of elrfoils having trailing~edgze
angles considerably largsr than those for the NACA 6—series airfolls, -
howsver, have shown abrupt chengss in the piltching moments at high
1ift coefficients which Mave indicated rearward shifts of the center—
of-pressure position. Even at low lift coefficients, the lattor .
type of airfoll. has chown, forward movements of the position of center
of pressure. For these ailrfoils with large tralling-edgs angles,.
thers is appreciable variation of flow separation near the trailing
edge with small changes in airfoil angle of attack. The action is .
effectivoly the same as 1f there wate a flap at the trailirng edge
deflgcted in opposition to the airfoil angle of attack., -

The data which have beeni presented thus far have been obtained
at Mach numters as higr as 0.9. It is noteworthy that in the Langley
transonic tunnel, which is now in operaticn, airfoil pressure—
distribution measurements may be made at a Mach number of approximately
unity. Shown in figura 5 is a schematlc diagram of this tumnel. Ths
tunnel working section is actually a 3-inch annulus between two
concentric clrcular cylinders., The airfoil models ars Fixed to the
rim of a rctor having a diameter equivalent to that of the inner
cylirder. The model rotates within the annulus at speeds which
correepond to Mach numbers as high as 1.4, Since the ratio of tummel
height to model thickness for this tumnel is almost infinite, the
choking effects of the usual subsonic tunnel are eliminated. 1In
order to prevent the model from operat;ng in ite own wake and to
‘control the model angie of attack, & low axlal velocity -is induced
through the annulus. In ordsr to reduce the effects of the boundary
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layer on the tunnel walls in the viciﬁi¥y of the mpdel, air froﬁ the
boundary layer 18 removed at three annular slots upstream of the
test section. _

Shown in-figure 6 are preliminary pressure~distiibution data
obtainad in the Lengley transonic tunnsl at a Mach number of approxi-
mately unity for the NACA 66-006 airfoil at zero angle of attack.:
The data are prosented as pressurs ratios: the ratio of the local
pregsure P on the surface of the airfoil to the st&gnation '
pressure pg. For cqmparisor, the Prandtl—Meyer expansion was

computed for the supersonic region of the airfoil. A comparison of”
these curves’ shows that the pressure ratios given by the Prandtl-
Meyer expansion are somewhat lower than the gorresponding pressure
ratios shown by the test data. There is a very good agreement,’
however, 'in the shapes of the curves and the chordwise positicn of
the peak pressures. This agreemesnt is remarkable in view of the -
fact that the Prandtl-Meyer expansion is based on the- assumptions
that no boundary layer exists on the alrfoil and that the sonic
flow field extends from the’ airfoil surface to infinity. The magni-'
tude of the experimental peak pressure corresponds to approximateiy
80 percent of the calculated Prandtl-Msyer increment, whereasg at -

-

- about the 25-percentrchord positlon the axperimental pressure

¢orresponds to approximstely 4O percent: ‘Ah analysis of the local
supersonic region of-NACA: alrfoil sections tested up to Mach numbers

‘of approximately 0.9 has been made by Nitzberg and Sluder in

reference 5. It was shown that values of the Prandtl-Meyer incre-—
ments from 40 to 60 percent, depending upon the conditions at the
beginning of the sonic region, occur on the forward parts of the
airfoils. A comparison of the calculated value of pressure drag,
from the experimental data presented in figure 6, with corresponding
data obtained from a freely falling body shows good agreement.

Data from the Langley 2u-inch high—spoed tunnel for NACA 16-series
airfoil sections (reference 6) indicate that the camber for best
lift-dreg ratio L/D decreases rapidly as the Mach number increases
beyond the point of force divergence. Tigure 7 presents typical
results for the NACA 16-X09 airfoil family at M = 0.775. For this
particular speed best L/D at ¢, = 0.5, for example, was obtained

with a section cambered for a design 1lift coefficicnt czi of
only 0.2. The results indicated that at somewhat higher Mach numbers

best L/ would probably occur with zero camber. Reduction in camber
also reduced the angle~of-attack variations required to maintain a

given 1lift coefficient throughout the transonlc-epeed range.
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Figure 1.- Variation of the force-divergence and critical Mach
numbers with section lift coefficient for the NACA 64-210 airfoil.
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Figure 2.- Variation with Mach number of the angle of attack
required to maintain a section lift coefficient of 0.1 for several

NACA 64 -series airfoils.
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Figure 3.- Variation with Mach number of section lift-curve slope
per degree for several NACA 6-series airfoils.
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for the NACA 66-006 airfoil at zero angle of attack.
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LIFT AND DRAG CHARACTERISTICS OF A WING WITH SEVERAL ANGLES OF
SWEEP AT HIGH SUBSONIC SPEEDS
" By Richard T Whitcomb o
Langley MbmoriaJ Aeronautical Laboratory
To cbtain detailed 1nformation on flow'aroﬁnd swépﬁ énd'unswept '
wings at high subsonic speeds, very extensive .pressure meagurements

have been made on and behind a thin, high-aspect-ratio wing with no
gweop and with 30° and 45° of sweepback and swsepforward at Mach

numbers from 0.60 to 0.96 in the Langley 8-foot high-speed tunnel,
 Measurements have been made with and without aileron deflections;

and for wnswept condition they have been mede with and without o
spollers, dive recovery flaps, and brakes. For tHe ‘swapt configura-“

_tions measurements have been made with a midwing fuselege present,

-

whereas for the unswept condition they have been made with and without S
the fuselage present ‘ 7 . . :

The measuremsnts have included static—pressure readings at chOnd—tf;
wise rows of orifices at eight statlions along the span of the wing amd
at one station on the fuselage, total pressure meesurementy at various

" yerticsl stetlons behind the wing, and measurements of the average and

fluctuating downwash &% the provablo horizontel teil locetion, From
thege meesurements the’ normal—farce, Areg, end moment coefficienis, the
spanvise and chordwise pressure and load distributions, ‘and wake
patterns have been cbtained for the various conflgurations. The
major portion of the results is now available in NACA tlagsified
publications (references L to 9).. The remainder of the results will
be made available,in the, near future PR ‘ ,

Because of the limited amount of time available even & BuUMmMAry
discussion of all the resulta.obtained cannot be given. Instead, soms
of the more interesting published and unpublished results pertalning
to the normal force and drag of the unswept and swept wing without

. ..alleron or spoiler deflections are discussed briefly in the present

paper and some of the other results obtained with alleron deflections

are presented in the paper entitled "Effects of Sweep on Controls.

I ~ Effectivensss’ by Lowry and Johnson. The present paper includes
a brief discussion of some of the variations of the over—ell normel-
force and profile—drag coefficients with Mach number presented in
reference 5, but will deal primarily with a discussion of the section
1ift and drag characteristics. These factors indicate where the most
gevere changes in 1ift and drag occur et high Mach numbers and how the
11t end drag characteristice of a wing with a given emount of sweep
may be improved, The dlscussion will be limited to results obtained
for conditions which usually occur during level flight at high speeds,
but the results presented indicate the general nature of the changes

: _,that ocour for other conditions

\Illlliilllllll.
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The model ussd in this Investigation without sweep or fuselage is

. shown in figure 1, The unswept wing has an-NACA 65-210 section, an

aspect ratio of 9.0, and a tapsr ratio of 0,4, The span of the model
is 37.8; the mean chord is 4,2, The model was supported in the tunnel
by a vertical steel plate as shovn in figure 1. The model extended
from both sides of the plate which completely spanned the tunhel and .
effectively produced two semicircular test sections, wThe,advantagesj
of euch a support are descrlbed in reference l — : '

.

Sween was obta¢ned by rotating the w1ng Wlth reeeect to. the support

plate, Pressure measuremente made on the tunnel wall lndlcate that the - -

.....

other side of the strut., A given over—all conflgurat;on represents,';

“therefore, not ‘&’ yawed model but sweptback and sweptforward éemispan e
models, The pemlspan model with 30° of sweepback is shown in figure 2, ..

The locations of the chordwise rows of pressure orifices are indicated
in the same flgure. “The fuselage was placed in the midwing location. .
The tip was revised for each sweep to be parsllel with the. airstream.

With these tips the aspect ratios of the- wing with 30° and. 459 of sweep
were approximately 7.5 and 5, reepectively SWeep is based on the a

quarter*chord line. R : P )
L With the model in plaCe the tunnel choked at Mach numbere of 0. 9&5, .
0,975, and 0,985, approximately, for no.sweep, 30°; and 45° of gwesp,

~respectively, The data obtained at these choking Mach numbers are not

applicabtle to the prediction of the wing characteristics in free air’
and these date are not, presented., The data obtained at Mach numbers

of 0,925 and 0.96 for the unswept and ewept condltions, respectively,
are affected to only a slight degree by choking tendencies, and pressure
daeta obtained at these Mach numbers are presented. With the wake<survey
support strut in place the tunnel choked at a Mach number of 0.89. -
Pressure measursments indicate that the tunnel choked at the support
strut behind the model and this choking did: not’ effect the field of
flow at the model but merely limited the maximum test Mach number.

Data obtained at thls Mech number are, therefore, presented.

Presented. 1n figure 3 are variatione of the wing normel-force coef—

" ficlents obtained from’ the pressure messurements with Mach number for

the various sweeps at an angle of attack of 2°, The normal-force coef—
ficient for the unswept wing started to.decreaso due to the onsst of
shock at a Mach number of approximately 0,75, The normal-force coef-
ficients for the wing with 30° of sweepforward end sweepback started

-to decrease at a Mach number approximately 0,1 greater than the Mach

number at which the coefficient for the wing with no sweep started to
decrease, There are no losses in the normal-force coefficients for
the wings with 45° of sweepforward. and sweepback; Not only is the .
Mach number et which the normal-force coefficients decrease delayed
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for 30 of sweepforward and sweepbeck but more important the magnitude
of the changes 18 reduced, The magnitude of the change for the swept-—
forward condition 1is less than ‘that for the sweptback condition. -

Part of these variatione are due to changes in the eepect ratio.
However, it 1s belleved that the- ma jor portion of the changes 1s due
to the effects of sweep. For the angle of. attack for which data are
presented, the normal-force coefficients are generally very nearly
equal to the 1ift coefficients and it may be assumed that the variations
of the normal-force coefficient with Mach number presented are the same
es the variations of the lift coefficient with Mach number.

Presented in figure h are variations of the wing profile—drag
coefficlents obtained from the wake—survey measurements with Mach number
for the various sweeps at an anglé of attack of 2°, The wing profile—
drag coefficient for the wing with no swesp increased rapldly due to
the onset of shock at a Mach number of approximately 0.75. The wing
profile~drag coefficlent for the wing with 30° of sweepback increased
rapldly at a Mach number approximately 0.08 greater than the Mach
number at which the drag increase occurred on the wing with no sweep. °
The wing proflle~dreg coefficient for the wing with eweepforward
started to increase gradually at approximately the gseame Mach number as
that at which the rapld increase in drag coefficlent occurred for the
wing without aweep and increased ebruptly at the Mach dumber at which
the eimllsr abrupt increase occurred for the wing with 30° of sweepback.
The wing with 45° gweepback experienced no large increase in the profile-
drag coefficient.-

. A comperison of the measured loee in normal-force coefficient and
increase in- profile-drag coefficlent produced by the occurrence of shock
for a sweep angle of 30° and an angle of attack of 2% with the changes
predicted for the same conditlon by uwse of the characteristics of ‘the
wnswept wing and the simple sweep theory is presented in figure 5.° The
measured changes are shown as heavy lines, the predicted as dashed lines,
The measured loss in normal-force coefficient. 1z almost exactly the same
as the predlcted loss. The meagured increase in drag coofficients -
occurs initially at sbout the same Mach number as does the predicted
incresss but is more severe than the predicted 4increase. The agreement
Petween the measured and predicted variations is much closer than any -

‘previous similar comparison has ghown., The closer agreement ls believed

to be due to the relieving effect of the midwing fuselage on the flow
around the root of the swept wing

Presented in figure 6 are spanwise variationg of the section
normal-force and section profile-dreg coefficients for the wing without

" gweep at an angle of attack of 2° at various Mach numbers, obtained

from the pressure and wake measurements. Because of the asymmetrical,
three—dimensional flow around the wing, the spanwise varilatlons
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of section profile-drag coefficlent obtained from wake measurements
made behind the wing are not exactly the same as the actual spanwise
variations of the coefficlents at the wing. The variations for all

. sweeps are belleved to be very nearly correct, however. The spanwise
variation of section normal force at & Mach number of 0.6 13 very
nearly the same as that predicted by uge of potential-flow theory.

- The mection profile—drag coefflcients for the varlous sections are
very nearly the saze value for a Mach nwnber of O. 6 :

When the Mach number is increased ‘beyond the critical value the
normal-force coefficlents for the various sectlons decrease and genera.lly
the section profile-drag coefficients increase., The incresse in normal—
force. coefficlent and the decrease in drag coefficilent occur at higher

- Mach numbers and are much less severe for the sections mear the tip - ——
and root, howsver. The delay In the Mach number at which the increase
in dreg coefficient occurs on the tip 1s so great that no drag 1ncrease
occure at this region up to the highes’c test Mach num‘bars

The delaye a.nd recluctions of the che.nges at the tip may be attri-—
buted to the three-dimensional flow arownd the tip., This flow reduces
the induced velucities over the tip sections, thus increasing the
Mach numbers at which severe shock occurs on these sections. Also; 3" ;
because of this flow the air is directed inward over the wpper surface .
of the tip sections and the tip effectively heg- mreepfcrward .The: v
- delay ‘and reductions of the chenges at thé root sections may be attri—-*:i-
buteé. {:o the relieving ef'fect of the midwing fuselage. T Soan

Simile.r spamrise var:!.ations of the section nonnal-f‘orce coef‘—
ficient and the gection profile-drag coefficient for the wlng with 30°
of sweepforward for an angle of attack of 2° at yarious Mach numbers -
are presen*bed in figure 7. The gpanwise variation of gection normal—- .
foree coefficisnt at a Mach number of 0.6 18 very nearly thé same as . -
that’ pred.icted by uge of potential—flow theory. The section profile~ .
drag coefficien‘bs ‘for the various sections are very neerly the seme . -

" -acroes the gemispan., This spanwise uniformity of section profile—
drag:cdefficient indicates that there is very little spanwise flow
of air in the Vowidary layer on a. _aweptforverd wing at the sngle of
attack for which ‘these data ‘aYe presented. When the Mach number is -
Increased beyond a Mach number of 0.8, the section profile~drag coef—
ficlents for the root sections increase. ‘The graduel increase in the -
over-ell drag coefficient for the sweptforward wing, which occurs at
approximately the same Mech number as shown in figure L, may be attri-— -
buted to this rise in the coefficients for the root. When the Mach
number 1s increased up to the highest test value, the sectlion profile—
drag écefficlents for the root secticns heccme very large. The section:
profile~drag cosfficlents for the cutbdard sections rise only slightly,
however.  In fact, the Increases in the sectlon profile~drag coefficlent
- with Mach number for these outboard sections are less then those predicted :-

sl Kipamn - o e R
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by use of the mimple sweep theory. As a result, the abrupt Iincrease
in the over-all drag ccefficient for the sweptforward wing, which
occurs at a Mach number of approximately 0.85, may be attributed
primarily to the increase Iin the section proflle-—drag coefficlents

at the root sections., There is no severe reduction in the section

. normal-force coefficients for the root sections associated with the
increases in the section profile—drag coefficients for these sections.
Slmilar early and severe changes in the section profile-drag coef-
ficients at the wing-fuselage juncture occcur with 45° of sweepforward,

Because of the severe separation of the flow near the wing-
fuselage Juncture associated with the large increases in drag at
these sections, the wake behind this juncture is very large at the
higher Mach numbers; and due to the large wake, the downwash at thse
probable taill location changes by very large amounts at relatively
low Mach numbers in comparison with the Mach numbers at which the
changes occur behind the wing with a similar amount of sweepback.

The reason for the early abrupt separation of the flow at the
root sections 1s shown by the pressure measurements mado on the
surface of the wing. Presented in figure 8 are contour maps of the
pressures measured on the upper surface of the wing with 30° of
. gweepforward for en angle of attack of 20 at a Mach number of 0.6,
The sclid linos show the lines of constant pressure coefficient;
the dashed lines indicate the lines of peek pressure. The contours
ladicate very high negative pressures or high induced veloclties at
the leading edge of the root sections. Because of thege high induced
velocitles, the critical Mach numbers for the root sections are much
lower than the critical Mach numbers for the sections further out—
board and 1t would be expected that severe shock would occur on the
root sectlons and that the flow over these sections would separate
at much lower Mach numbers than it would at the outboard sections.

The high negative presswres on the leading edge of the root
sections may be attributed to the induced flow associated with
swoptforward wings. It 1a believed that the pressure peaks mey be

- " reduced, and thuws the critical Mach number and the Mach number at

vwhich shock occurs may be increased, by reshaping the fuselege and
by washing out the root sections. Reshuping the fuselage alone would
probably not completely eliminate the pressure peaks since the effsct
of such a reshaping would be local, while the pressure peeks extend
over a conslderable reglon of the wing leadlng edge.

Spanwise variations of the section normal-force coefficients and
section proflle-drag coefficlents for the wing with 30° of sweepback
Por an angle of attack of 2° at several Mach numbers are presented
in figure 9. The spanwise varlation of section normal-force coefficlent
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for a Mach number of ‘o, 6 i again very nearly the same as that predicted
f'by use of potential<flow theory, ~The section profile—drag coefficiemts
are very nearly the seme for each of the~sections along the semispan.
‘When the Mech number is increased from 0.6 to the highest test value,
ths various sections experience reductions in the normal-forcé coef-

- Piclents-and increases in the profile—drag coefficients as would be
"expected; The reductions-in the normal~force coefficients and the
increases in the profile-drag coafficlents occur at lower Mach numbers
and are much more gevere at the outboard. sections than at the inboard
gections. The increases in the profile—drasg coefficient for the tip
gectiong are 86 severe that at the highest test Mach number, & Mach
number of 0.83, the section profile-drag cqefficient for these sections
far the sweptback wing are greater than those  for the tip sections of
the unswept wing., Near the wing-fuselege Juncture the dreg coefficients
mesagured at the highest test Mach number are -the same as those measured
at 'a Mach number of 0.6. Thosé date indicate spanwise variations of

the changes in the section characteristics associated with the onset

of shock vhich are exactly opposite to those which were thought to
occur on sweptback wings, Instead of the initial and most severs
changes occurring at the root, they occur at. the tlp.

" With k5° of sweepback, the spanwise variations of sectlion normal-—
farce}and section profile—drag coefficlents are nearly the same for
all Mach numbers up to the highest test value, However, the wake
measurements made behind this wing at a Mach number of 0,89 indicate
a slight initial increase in the drag coefficients for the tip Bections.

+ 'The early and severe changes in the characteristics of the tip
gections may bYe attributed to three factors: ILower critical Mach numbers
for the tip sections, the distribution of pressurcs on the tip sections,
and the inflow over the upper surface of the tip section. -The contour
map of the pressure coefficlents for the upper surface of the wing
with~30° of sweepback for an angle of attack of 2° at a Mach number !
of 0.6 is presented in figure 10, Because of the relieving effect of
the fuselage, the meximm pressure coefficicnts at the root sections
are less than ths maximum pressure coefficlents for the sections
further outboard. Due to the induced flow, peculier to sweptback wings,
pressure peaks occur on the leading edge of the sections near the tip,
As a recult of this spanwise variation in peak pressures, the critical
Mach numbers for the tip sections are less than those for the root
gections. Near the tip the distribution of pressure is changed in
such a manmner that the region of maximm pressure coefficiente slopes”
forward with respect to the swevt span of the wing. Assuming that
shock occurs initially in the region of maximum preséure coefficients
it may be deducted that the effective: sWeep of the tip Bections ig less
then the geometric sweep of the. wing, Because of the flow around the
tip, the flow over the upper surface of the tlp sections is directly



i1nward and the effective sweepback of the tip sectioms is further.

reduced. ZEach of these factors would lead to earlier and more severe
peparation and changes in the section ncrmel-force coefficients and
ection profilendrag coefficiente near the tip.

None of. the previously mentioned factors oxpleins the extraordinary

. delay in the increases of eection profile—drag coefficients for the root
sections, The contour map of the Iressurés measured on the upper surface

of the wing with 30° of sweepback far an angle of attack of 20 at a Mach
number of 0,83 (fig. 11) indicates the probable reason for this delay.
At this Mach number, there 1s a gevere shock elong the entire gemispan
of the wing as indicated by the very gevers adverse pressure gradient
near the treiling edge, This shaock appears to be normal to the stream
and very near the trailling edge at the wing-fuselage Juncture, It

would be expected that such a strong normal shock would lead to severe
separation at the wing-fuselage Juncture. The pressure recovery behind
the shock indicates, however, that very little separation 1s mroduced
by the shock.,

Sinoe the initial and most severe changes in the sesction character—
1stics occur at the tip, it might be expected that the changes in the

+. ' over—ell normal-force and profile—drag coefficient for the wing with

sweepback could be delayed and perhaps reduced by washing out the tip
sections to reduce the angle of attack of these sections which experience
the most severe changes, No data have been obtained to show the effects
of washout on the changes in the normel~force and profile—drag coef-
ficlents; however, pressure data have been obtained on the wing of the
vregsent discussion with aileron deflection of -5 which should simulate
to a certain extent & gashout condition. The normal-force results
obtained with this alleron deflection indicate that a definite reduction
in the changes of the normal-force coefficient with Mach number for the
wing with 30° of sweepback is produced by such s deflection. Washout
applied to the wing %o improve the high~epeed chatacteristice would

also probably improve the lending characteristics of the wing but might
produce adverse changes in the 1ateral stability and control character-
1et1ce of the wing, . . A ‘

The results of detailed pressure measurements mede on and behind

-a high-aspect~ratio wing with and without sweep at high subsonic Mach

numbers indicate that the initial and most severe changes in the normal-—
farce and profile—drag characteristice occur at the tip for sweptback

winge and at the root for sweptforwerd wings. The results also indicate
means of Improving the high-speed normel-force and profile—drag charao~

"teristics of a wing with a given amount of sweep.

P
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Figure 1.- Photographs of unswept wing without fuselage.
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Figure 2.- Plan view of wing with 30° of sweepback.
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Figure 3.- Variations of wing normal-force coefficient with Mach
number for a = 2°,
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Figure 4.- Variations of wing profile-drag coefficient with Mach
number for « = 2°,
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Figure 5.- Comparisons of measured and predicted variations of
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. LANDING CHARACTERISTICS OF HIGH-SPEED WINGS
. By Herbert A. Wilson, Jr. and Leurence K. Loftin, Jr.

Langley Memorial Aeronautical Laboratory

, The wings of alrcraft designed to fly at transonic Mach numbers
are usually characterized by thin alirfoil sections and, In most cases,
low aspect ratio and considerable sweep. The poor maximum 1ift
characteristics of such wings and the difficulties associated with the
prediction of thelr characteristics have greatly complicated the
problem of designing high~speed ailrcraft to land at speeds within

.the capabllities aven of highly skilled pilots. Considerable effort

18 therefore 7being directed toward the improvement of the maximum
117t characteristics of wings suitable for high-speed applications.

The present paper first reviews the development of high-1ift devices
in two dimensions; second, surveys the avallable large scale data of
the characteristics of three-dimensional wings; and third, indicates

briefly the correlation between the cheracteristics of swept and

unswept wings.

) The -high-1ift devices investigated are in the following two
classes: those which are applied to the trailing edge of the airfoll
end those which are applied to the leading edge of the airfoil. For
airfoils which sre only moderately thin, e section maximm 1ift’
sufficiently high ofton capn bs obtained by the use of a sultable
trailing-edge device alone. For thin airfoils or for airfolls having
sharp leadlng edges, however, the large peak negatlve pressures
near the leading edge and the subsequent highly adverse pressure
gradient cause laminar separstion near the leading edge. Accordingly,
i1t 18 necessary to use a leading-edge device designed to lower this
" peak and reduce the adverse pressure gradient in order to obtain
large increases in the section maximum 1ift coefficient with these
airfoil sections. ' : _

Double slotted flaps have long been known to provide about the
largest gains in 1lift of all types of trailing-edge flaps. In
figure 1 are shown results obtained with the NACA 65-210 airfoil -
equipped with such a flap and also with single slottod and with
split flaps. (See. reference 1.) The results herein shown and those
for figures 2 to 4 have been obgainsd with a two—dimensional setup
at a Reynolds number of 6 Xx 10 which corresponds approximately
to that for an airplans with a 6-fo0t~chord wing landing at 100 miles
per hour. The relative merit of the types of flap is clearly shown.
The highest maximum 1ift coefficient obtained was about 2.80 with
the double slotted flap. The values shown for the two types of
slotted flap are for the optimum locations of flap and vane and,if
such flaps were applied to a three-dimensionsl swept wing,some further
experimentation might e required to insure that the optimum location
~ remalns the Bams . . . , . , ,

R 3 P



30 ‘

The effects of section thickness ratio and the location of minimum
pressure at the design lift ccefficient have been investigated for a
number of NACA &-geriss airfoils with doubls slotted flaps (reference 2).
In figure 2 the left side shows the variation of maximum 1lift coefficient
with thickness ratioc for airfoils with a design lift coefficient of 0.2.
The variation is seen to he approximately linear for both smooth and
rough airfoils over the test rangs. On the right side data indicating
the effect of minimum pressurs location at the design 1ift coefficient
are shown for 10-persdnt-tkick alrfoils with a design lift coefficient
of 0.2. The maximum 1ift cocfficient is seen to deciease linearly
ag the position of minimumm pressure moves rearward. (See curve for
smooth. alrfoils in fig. 2.). For rough airfoils the minimum-pregsure °
location 1s unimportant, - - ”’ : .

It should be polnted out herein that these high maximum 1ift coef-~
ficilents are also accompanied by high negative pressiure peaks at the =
leading edge. Inasmuch @s high landing speeds are being considered for
many high-speed aircraft, i1t 1s altogether possible that maximum 1ift
coefficients different from those shown might be obtained because of
Mach number effects (refersnce 3). :

The effectiveness of leading-edge devices in increasing the |
maximum 1ift 1s shown in figure 3. Thege results were obfained with a
NACA 641-012 airfoil sectlon équipped with a split flap, with & foseé:
flap of the type that is hinged out from the lower surface, and with
a ncse flap extending tangentially from the upper surface at the leading
edge (reference 4). Tt .1s seen that the meximum effestivensss : '
of the nose flaps is only realized when they are used in conjunction
with the trailing-edge flap. Also, the tangential type of flap is
geen. to give samewhat better results than the lower surface type.

The leading—edge devices discussed korein are not the only ones
that 'could be made effective. Any leading-edge device which tends to .
reduce the negative pressure peak and the adverse pressure gradient
at the leading edge should be effective in increasing the maximum
1ift of a thin airfcil

An indication of what can be accomplished on thin biconvex airfolls
with another such device is shown in figure 4. A drocop noss of O. . 15¢
and & plain trailing-edge flap of 0 20c. have been investigated on a
biconvex airfoil 6-percent thick. (See reference 5.) The highest
maximum 1ift coefficlent of nearly 2.00 was obtained with the leading
and trailing flaps at their optimum deflections of 30° and 60°,
respectively+ Substantlally the same results were obtained with the .
10-percent-~thick biconvex section and with % 6—oercent-th%ck NACA flh-moriass
section between Reynolds numbers of 3 X 10° and: 9 x 10 Recent . '
tests of an NACA 63-006 airfoil indjcate a favorable scale effect .
between Reynolds numbers of -9 X 10° dnd 25 x 10°; whereas over
the same range ‘the biconvex sections show no scale effect. These
results indicate that at 6~uercent thickness as well as at about 9-to
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10-percent thickness the conventional section may have same slight
advantage from a mathun lift standpoint

The discussion has thus far dealt only w;th two—dimensional
results. At present no adequate method has been developed for predicting
the high-angle--of-attack characteristics of swept wings. Such studioes
_ asg the ones by Sivells and Neely (reference 6) and Sivells (reference 7
" in which nonlinesr section data have been applied to the calculation
of the characteristics of unswept wings and those described in refer-
énces 8 and 9 in which liftiug~line and lifting-surface theories have
- been applied to the calculation of swept-wing characteristics at low
and moderate angles of attack together with the section data form a
valuable background ypon which to base conjecturses as to the probable
effect of various modifications to swopt wings. It 1s necessary however
to rely on large scale experiment for the final quantitative evaluation
of the characteristics of wings having aqny considerable amount of
sweep.

AN .o
PR

In angwer to the need for an orgenization of the data pertaining
to the maximum 11ft chsracteristics of swept wings Sweberg and Lange
have summarized the existing data (reference 10). The principal
emphasis in this report was cn the effects of Reyuolds number and the
importance of obtaining swept-wing results at the highest possible
scale was established., Since the Ilnvestigation of reference 10 was
made, a number of large Reynolds number investigations of the high—lift—
range characteristics of wings for high-speed alrcraft hdave been ccmpleted
in the Langley 19-foot pressure tunnsel, the Langley full-scale tunnel
and in the Ames 40— by 80-foot tunnel. These investigations have been

. ¢losely correlated but the configurations have not in general been

sufficiently systematized to allcw the isolation of the effects of sweep
angle from those of aspect ratio-and taper ratio. It 1s possible at
this time, however, to dlaw a number of useful conclusions fram these
Aresults.f .

The information of the cﬁaracteristics of three—dimensional wings
presented in figures 5 to 14 is only a very brief summary of the total
‘of the information that is available. The detailed test rosults and
analysis are contained in references 1l to 22 and a few other prospective
reports. - L :

The first effect to be discussed 15 that of Reynolds number.
Figure 5 shows the mayimum-lift—coefficient varifation with Reynolds
number obtained with four gwept wings. Generally speaking the effects
are small, The most significant result is a small increase in the
maximum 1ift coefficlent between Reynolds numbers of 4.2 x 10
and 5.5 x 106 for the wing having 42° sweep and NACA 64,~112 airfoil
. sections. This increase ig rather unimportent in itself but is
accompanied by significant improvements in the longitudinal stability.



Adding standard roughness to the wing as shown by the dashed curve
decreases the 1lift coefficient over the entire range and eliminates the
' favorable scale effect, The same wing with blconvex airfoil secticns
shows no scale effect within thé test range just as was tho case for
the two-dimensional airfoil results.

‘The wing with h8° sweep had lower scale effect even than the 420
swept wing and the changes still occur below a Reynolds number of
5 x 10°.. All of the results shown hereinafter were obtainecd above
this critical range. o

, Inssmuch as the experimenxal information obtained herein has been
obtained both with and without fuselage, 1t is desirable first to

examine the effect of the fuselsge on the waximum 1ift characteristics

80 that both types of results can be used later, FiOure 6 shows the

- results of a series of tests made with a 42° swept wing of aspect ratio 4

"~ with a fuselage in the hign-wing, the midwing, and the low-wing locations.

The fuselage had a relatively emall effect on the maximum 1ift, The

- drag of the fuselage likewise is an unimportent factor in the high-—

" lift-—coefficient range. The vertical locaticn of the wing on the
fuselage made no differénce for the plain-wing results and in the high—
lift—coefficient range made no difference with the flapped wing.

The same couclusions do not, however, apply to tihe longitudinal
stability characteristics at the stall. In this connection a few

.- stability effects, where they are of first—order importance, will be

- pointed out during the discussion of the results. However, the
stability of swept wings in the low—speed ranges is the subject of a
papér to be presented at this conference by Mr. Donlen entitled
- "Current Status of Longitudinal Stability." ,

The next variable discussed is that of airfoil section, Results
are shown in figure 7 for three wings - one with 42° sweep, one
with 48° sweep, and a 60° delta wing. Airfoils of conventional
section and shape are represented by the NACA 641-112 airfoil sections
(perpendicular to quarter—chord line) in the first two cases and by
the NACA 0015-64 airfoil (root section) in the third case. The very
thin sections are revresented by biconvex sections l0-percent thick
and in the case of the delta wing are also represented by adding &
sharp leading edge to pramote separation. For the 420 gwept wing,
representative of the moderate sweep case, it is seen that the airfoil
section mekes a large difference in the maximum lift characteristics.
The decrease in maximum 1ift resulting from the use of the biconvex
or thin sections is, likewise, accompanied by extremely undesirable
changes in the longitudinal stability. In the higher sweep range
represented by the 48°. swept wing the effects of airfoil section
are much less marked, aad in the extremely high sweep range represented
by the delta wing it would appear that sharp-leading—edge airfoil sections
may have scme slight advantages over the conventional sections although
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it 1s suspected that more favorable results might have been obtained
by the use of a thinner couventional gection.

Throughout the investigations suMmarized herein, svlit flaps or
plain flaps of about 2C percent chord have been used with the wings

to give an index of the 1ift producing capacity of the wing with
trailingyedge high—lift devices in general.

The results obtained by apolying semispan split flaps to the 42°
and the 43° swept wings with NACA 6hk—series alrfoil sections are chown In
figure 8. With the 42° swept wing a 1lift increment of 0.20 was
obtained which was about two—thirds of the 11ft increment due to these
flaps below the angle for maximum 1ift. The maximum 1ift increment
for the 48° swept wing was considerably smaller although the increment
in 1ift below the stall was about the seme as for the 42° swept wing
with due conside“ation taken of the differences in sweep of the two wings
in increa31ng the maximum 1ift falls off rapidly as the sweep increases,
This is in accord with the data cbtained by McCormack and Stevens in
the Ames 40~ by 80~foot tunnel (reference 11). These results indicate
that at a sweep angle of about 60° flaps w*ll be ineffective in increasing
tho. maxhnmn lif't. .

Also,’ shown in thls figure are key letters designating the longi-
tudinal stability characteristics at the stall for each configuration.
These letters, G for goed, M for marginal, and P for poor, will
be used in figures 8 to 1l. A curve of pitching-moment coefficlent
against 1ift coefficient which has no abrupt slope changes in a positive
direction and which either breaks in a negative direction or dces not
change at the stall is considered to be good. A pitching-mament curve
which has sharp changes in slope in an unstable (positive) direction
below the stall or which breaks in a positive direction at the stall -
is considered poor. It must be realized, of course, that the tail
geometry and location will also affect the stability of the flnal
airplane. All of the winge shown in figure 8 had poor longitudinal
stability at the stall, arising from tip stalling which caused unstable

" breaks,

The biconvex wing ‘results are shown in figure 9. For the case

'of O° sweep the Increment cbtained fram the trailinb—edge flap is very

large. But as the sweep is increased the lift increment becames
progressively smaller even though reascnably large increments in 1lift
coefficient are produced below the stall, The failure of the flaps

-~ to give substantial increases in maxlimum 1ift ccefficient i1sa .
"~ congequence of early tip stall, “and it has become gquite evident that in

order to produce satisfactory 1ift characteristics on these wings it
will be hecessary to provide the wing tip with a leading-edge stall
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control aid or high-lift device. An additional phencmenon shown herein
is the beneficial effect of sweep cn the maximum 1ift coefficient of
these thin sections. For the unswspt cage the maximum 1ift coefficlent
of 0.58 measured for the basic wing is below the section value of

about 0.7 by about the amount that would be calculated from standard
methods of applying section data to three—dimensional wings. As the
sweep increases, however, the maximum lift of the wing increases

‘and exceeds the section value. This result is associated with a strong
spanwise flow at the leading edge of the wing which enables the flow
over the bubble of separation at the leading edge to reestablish

itself at higher angles of attack than for the two—dimensional case
(references 12 and 13).

The longitudinal stability characteristics of the unswept wing and
of the delta wing are good. For the swept wings the ‘pitching~moment
curves have a highly unstable slope &8s maximum 1ift is approached and
even though the oventual break is in a stable direction, the character-
“1stics below the stall are sufficisntly undesirable to warrant the poor
clagsification.

The rssults obtained with leasdinz-edge high-1ift devices installed
on these four wings are shown in figure 10. Two kirds of flap have
- been used - the droop nose and the extended type with a rounded leading
edge (fig. 10). Drooping the nose of the rectangular wing Increased
the maximum 1i1ft coefficient by about 0.30; adding the extended type
of nose flap gives an additional increment of almost 0.30 since, in
this case, a rounded leading edge is provided for the airfoil as well
as an increase in the forwerd camber. These improvements are additive
to the increments that can be obtained by the use of trailing—edge flaps
eas shown by the top curve. A similar picture ic presented for the 42°
swept wing, and it appears that once the tip stalling is controlled
by the use of the leading-edge device relatively large increases in
the maximum 1ift can be obtained. The two flapped arrangements shown
(fig. 10) are for partiasl-span leading-edge flaps. These arrangements
are shown in preference to arrangementes having a greater spanwise
extent of the leading-edge flaps because they have favorable .longi-
tudinal stability characteristics, whereas scme others wiaich give
8lightly greater maximum lifts have unfavorable pitching-moment
characteristicse. On the 48° swept wing the leading-edge droop was also
effective, but as noted In figure 9 with the plain trailing-edge flaps
the greatest maximum 1ift coefficient attainable at this sweep was
congiderably smaller. On the delta wing a small increment in maximum
1if% was obtained by deflecting the small leading—edge droop indicated
and an additional small increase in maximum 1ift coefficlent was obtained
by deflecting the trailing-edge flap. The incrément in 1ift obtained
below the stall for this arrangement may perhaps be useful for maintaining
a more satisfactory attitude during the landing approach. For the 420
and h8° swept wings which had poor longitudinal stability at the stall

B3
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for the basic wing deflecting the nose flap had a distinctly bemeficlal
effect. This is particularly true of the 42° swept—wing case in which
the addition of the optimum configuration of nose flep provides excellent
longitudinal characteristics, O

The data fram this figure show that the use of an optimum leading-
‘edge high-lift device on any wing having a thin or sharp leadlng-edge
airfoil section will improve significantly bovh its maximum 1ift '
characteristics and its longitudinal stability at the stall.

- 8imilar results for the wings of NACA 6h-series alrfoll sections are
shown in figure 1l. The addition of the nose flap to the 42° swept
wing increased the maximum 1ift coefficient about 0.20 and made the wing
stable at the stall. (See fig. 1l.) This 1lift increment is samewhat
lower than that obtained with the biconvex wing principally because
the maximum 1ift of the basic wing is much higher. The addition of

eplit flaps gave a further increase in Cr .. to 1.58, still maintaining
stable longitudinal characteristics at the stell. This maximum 11ft
value was only slightly higher than the one shown in figure 10 for the
biconvex wing. ' '

""" The addition of nose and split flaps to the 43° swept wing gave
smaller incresses than for the 42° swept wing as was noted earlier for
split flaps and, moreover, the wing still remained unstable at the stall.
On the extreme right in figure 1l are shown results that were obtained
by the use of boundary-layer suction applied at the 0.20c, 0.40c,
and 0.70¢ locations on the 48° swept wing with nose flaps and with both
nose and split flaps, The lift increments obtained were relatively small
but the stability was greatly improved. The maximum 1ift coefficient
of almost 1.25 obtained for this configuration is the highest thus far
obtained with this wing plan form. '

. This paper has, thus far, discussod only the changes in the
maximum 11ft produced by these high~lift devices. If power-off -
landings are to be expected of the airplane or if the thrust available
during the landing phase is limited, the drag near maximuu lift 1s of
great importance inasmuch as it determines the vertical speed during
the landing approach. It has been found that a sinking speed in exceses
of about 25 to 30 feet per second will probably lead to erratic landings
" even on the part of highly skilled pilots (reference 23). This fact
seems to be relatively independent of the forward speed at which the
landing 1s made. In figure 12 scme lift—drag polar curves for varlous
configurations of the 42° swept wing have been shown. Superimposed upon
these curves are contours of the forward speed and the vertical speed
for a pover-off glide at & wing lcading of 40 pounds per square foot.
In ordexr to show the significance of these forward speed-sinking speed
charts, a point is indicated that represents the forward speed and .
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sipking speed for a reference‘airplane'fbr which flight test data were
-available (reference 23). This airplane was of the two—engine medium—
bamber class and wes only landed power off :in emergency.

" For the most favarable configurations the landing conditions appesar
to be no worse than those for the roference airplane. Certain changes
fram these conditions, however, such as incrcasing the wing loading,
Increasing the sweep, and increasing the roughness make this picture
appear less favorable., The effect of the high drag due to roughness
on the basic wing, for example, is shown by the dashed curve., Not
only is the maximum 1ift decreased but -the sinking speed in the high—
1ift range 1s more than doubled. Split flaps, as pcinted out earlier,
give same increase in maximum 1ift, in this case enough to reduce the
lending speed by 10 miles per hour. This is partially offset by an
Increase of about 5 feet per second in the sinking speed. Leading-
edge flaps alone on account of their high drag at the higher lift do
not appear to have any particular advantages. The combination of
, 1eading— and trailing-edge flaps, however, 1s quite effective in
. decreasing the landing speed provided that the increases in the rate of
descent or alternately the amount of power required for landing can
be tolerated. : .

. The corresponding results for the biconvex wing (fig. 13) show that
in general the higher drag of the biconvex sections will cause their
rates of descent to be higher. In this case minor improvements only
result fram the deflection of split flaps alone; whereas deflecting
_.the nose flaps greatly decréases the drag with scme increase in the
maximum 1ift. Deflecting the trailing—edge flaps in combination with
the leading—edge flaps allows speeds almost as low as with conventional
sections but with scmewhat higher rates of descent. On account of the
generally higher rates of descent shown for these secticna, power—off
landings will be distinctly more hazardous than for the NACA 6h—eeries
gection wing in figure 12.

The problem of calculating the maximum 1ift of swept wings, as
pointed out earlisr, has thus far defled theoretical efforts. It is
possible, however, to corrslate some of the data that have been obtained
on swept wings to get a guide in estimating the maximum lift. In
Pigure 14 experimental values of maximum 1ift divided by the maximum
1ift of the wing rotated back to zero sweep have been plotted against
sweep angle A. A plot of cos®A 1is also shown for comparison. The
data of McCormack and Stevens from the Ames 40— by 80-foot tunnel and
of Anderson fram some tests in the old Langley variable density tunnel
(references 1l and 24) in which the sweep of the wing was varied
systematically were particularly useful In forming this curve. Experi-
mental values of Cimax for the 00 sweep conditions of the 42° swept
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wing tested in the Langley 19-foot pressure tupnel and of the 48° swept
wing tested in the Langley full-scale tunnel were not available, and
hence were calculated by the umethod of Sivells and Neely (reference 6)
which -has been shown to give excellent agreement for unflapped unswept
wings. The correlation curve shows a gradual decrease in maximum _
1ift that is only about one-half that indicated by the simple cosZA
approximation, S ’ T )

In conclusion the results of the investigations of maximum lift
characteristics discussed herein can. be swmarized as follows:

" Maximum 1ift coefficients of the order of 1.3 to l.6,depending
‘uponi the angle of sweep, have been obtalned with the best combinations
of split flaps and leading-edge devices investigated. The importance
of the airfoil section has been shown to decrease as the sweep
increases and as the thickness of the airfoil decrsases, the character-
istics of all sections tending to approach the characteristics of flat
plates at high sweeps and low-aspect retios. The drag is shown to
be of great importance in determining the power—off rate of descent
or alternately the amount of power required during the landing.
Leading—edge high--lift devices of the types Investigated are extremely
‘effective in reducing the drag and improving the stebility in the high~
. 1ift range for wings having biconvex or other thin airfoil sections and

would thus be desirable for winge having these sections.
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... ~NOSE INLETS 43
L By Norman F. Smj th _
Langley Memorial: Aeronautical Laboratory

" For some years the NACA has hLad in operation a continuous
regearch program on air inlets. The most recent developments and .
applications of the nose inlet work will be presented in this paper.
First, however, soms of the past work will be briefly reviewed
because of its importance as background.

The basis of much of the high—critical speed inlet work
originated with the development of NACA cowl "C" and nose "B" .
‘(references 1 and 2). These two inlets worg derived on a basis
similar to that for optimum criticel speed airfoils: namely, a
flat pressure distribution with no pressure peaks. It was found
that although these two inlets were of greatly different proportions
and eritical speeds, the basic ordimates were essentially identical.
The ordinates were consequently applied to & large family of nose
inlets which were tested at medium and high apeeds to determine the
effects of proportions. The results were published (reference 3)
in the form of design selsctilon charts, a simnllfied version of
which is shown in flgure 1,

- The selection procedure 1s shown by the arrows, starting at

the bottom with the desired value of mass flow coefficient and
‘proceeding vertically to the velue of critical Mach number decsired,
the 4/D or entrance dismeter ratio is obtained. Continuing to

the top of the chart, the X/D or length ratio is cbtained.
Application of the- l—series ordinates to those proportions yields

a nose inlet of the required characteristics. Sample selections are
shown for three values of critical Mach number and show that the
higher critical Mach mumbers involve cowlings of greater length.

These NACA l-8eries cherts are directly applicable to the
design of open-nose inlets and were used in the design of the )
" external 1linés of the D-558 airplane installation, The cherte are .-
also applicable to the design of rotating cowlings, such as the
NACA "E" cowling (reference h). _ o

e S .,\

In eddition, the applicability to the design of a protruding
fuselage scoop has been demonstrated and reported in an NACA paper
(reference 5) Recent tests of NACA l-series cowlings with
~ protruding propeller spimners (reference 6) have corroborated an
analysis Included in reference 3 by showing that the effects of

spinners of reasonable size are small and predictable, and that
. cowlings for. nrooeller—driven aiyplanes can be designed from
NACA 1~series data._ /



: The spinner shape hag been fhund to have importent effectg upon
the flow into a cowling (reference &), It is usuelly desirsble to
admit air at a low value of inlet velocity ratio, since externsl
compression is accomplished at an efficlency of one-hundrsd percent,
while internal compression is accomplished at a somewhat lower value.
At values of inlet velocity less than unity, an adverse pressure
.gradient exists into which the spinner boundary layer must advance.
This pressure gradient, coupled with the pressure field of the
spinner, may be sufficlent to separate the flow at a relatively high
value of inlet velocity ratio, thus making it impossible to obtain
stable inlet flow with low losses at low values of inlet~velocity
ratio. DPressure distridbutions measured without propeller on two
gshapes of spinners ahead of a l-geries cowling operating at a medium
value of inlet-velocity ratio are shown In figure 2., The curved
spinner was designed using the l-seriss inlet profile and 1s
approximately elliptical in gection. The conlical spinner i3 a
straight-sided cone shead of the inlet. The spinner with the curved
surface evinces a higher peak pressure and a congequently greater
adverse pressure gradient ghead of the inlet than does the conical

spinner. . hE

The effect of this gradient on spinner boundary leyer is shown
in the right helf of figure 2. As the 1inlet velocity ratio is
decreased, an ebrupt increase in boundary layer thicknmess, indicating
gseparation, occurs for both spinner shapes. The inlet velocity
ratios for separation are of the order of 0.53 for the curved spinner
end approximately 0.12 lower, or O. 41, for the ceonical. Tt is
~ believed that the permiss;b}eiyglue of inlet—velocity ratio can be
- still further lowered by modifying this conical spinner, If the
cone angle 1s Increased, for example, the pressure gradient cen be
expected to further diminish,vthus permitting a lower value of
Inlet—velocity ratio to be obtained before separation occurs.

With regerd to the general effect of spinners on the critical
speed of cowlings, an extension of work by Ruden and Kucheman in
Germany has provided an interesting analysis. The theory conslders
the average forces (obtained by integration of surface pressures)
on the cowling and splnner and states that the aversge force on the -
cowling plus the average force on the spinmer, if present, is equal
to the change of momentum of the air entering the cowling.
Simultaneous sclution of.equetions for the conditions with and
without a spinner gives the spinner force required for zero effect
upon. the critical Mach number of the cowling. A plet of this
spinner force or pressure against inlet-velocity ratio is shown in
figure 3. Values above this line indicate a decreased critical Mach
number due to the spinner. Variations of average spinner pressure
with inlet-velocity ratio obtained by integrating measured pressure
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distributions are shovm for the conical and curved spinners of.
reference 6. The intersection of the curves shows the velues of -
inlet~velocity ratio béiow which the particular gpinner can be
uged without affecting the cowling critical Mach number. This
figure shows that the plain conical spinrer can be used in the .

low inlet-~velocity ratio range whore its use is desirable from the
standpoint: of boundary-layer separation. The curved spinner
chould be used for medium volues of inlet—velocity ratlo, but its
use, at least in the "short” condition, appesrs to be limlted to
values of the order of 0.6.

- The eflect of uasing a conical spinner at too high a velue of
inlet-velocity ratio 1s shovm in the pressuwre dlstribution on the
right of figure 3. A peek is produced at the lip by the conical
spinner, whereas the curved spimner has virtually no effect upon
the flat cowling sressure distribution at this velue of Vy/V,.

The conical spinner showﬂ.in filgures 2 and 3 remains conical to
the inlet, making the transition to axiel aft of the inlet. It has
been found from experimental data that the principal influence of
the inlst extonds to & distance lp to 2 times the inlet height ,
shead of the Inlet for spinners o? roagonable size. It therefore
appears probaeble that a curved surface might be uced in this-
reglion to bring the spinne* surface axial at the entrance with
little or no adverse effect upon the pressure gradient. The
edvantege of this is that a spinner of smaller maximum-diameter
is obtained for given propeller hub clearances. Also, the more .
exial flow at the entrance may have less tendency to produce
pressure peaks at the cowling 1lip. ;

The problem of designing air inlets for transonic military -
airplanes is. complicated by simple militery requirements such as.
good visibility downward and space in the noge of the alrplane
for ermement. These two requirements in scme cases tend to rule
out the nose inlet, which usually represents the optimum from the
stendpolnt of rressurs recovery at the inlet, and make necessary
soms sorf of fuselege side inlet, with suffic*ert fuselage volume
ghead of the iniet to house the pilot and armement. The problem
which exis’s in the deslgn of any such configuration is that the
fuselage zhead of the inlet must be shock—lrse in ordsr to avoid
shock--separated flow into the air intake. This means that, for a
transonic airplane, the flow velocltles on the fuselage ahead of
the inlet must be subgtream. A theoretical anslysis showed that in
order to obtain the required substream velocitied, the fuselage

- forward of the inlet must be very nearly conlcel in shape. In

figure 4 1s shown such a configuratlion which hes been tested at
low speeds (reference 7). It consists of an NACA l-series cowling,
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an approximately conical nose, and two canopies whose gections are
approximatsly wedge-shaved forward of the inlet. The low—speed
teats shcowed that substream velocities are obtained ahead of the
inlet on all surfaces, thus indicating that shock-free flow can be
obtained up to a Mach number of 1.0. Above a Mach number cf 1.0, a
small shock, first unettached then conical, can be expected to
compress the flow on the cone to subsonic up to flight Mach numbers
of the order of 1.2. This conflguration therefore zppears to have
characteristics which merlt conaideration for transcnic military -
alrcraft.

In all of the foregoing meteriel, the critical Mach number is
defined in the usual fashion: the Mach number at which sonic
velocity 1s flrst attalined at some peint on the surface of the
body. TRumerous tests of alrfolls have indicated this criterion to
be conservative by showing that clearance exlsts between critical
Mach number and the Mach number at which significant changes cccur
in the aerodynamic forces. A similar clearance might reascnably
be expected in the case of three—dimenszional bodieg. The amount of
clearance available and the nature of the suvercritical drag rise
are of conslderable interest with regard to transonilc aircraft.

A preliminery investigation now underway at the
langley 8-Poot high—eresd tunnel has provided scme informetlon on
this subject. The results of the tests of one fuselage shape are
shown in figure 5. Tho body consists of an NACA 1-50-100 nose
inlet one diameter in length, & cylindrical center section four
diametsers in length, and a tail section three diameters in length,
making an overall fineness ratio of eight. The model was supported
by a sting at the tail, with provisions for ducting the intermal
flow through the sting. The drag of the model wes measured by a
wake survey rske located on the sting as shown 1n the figure.

The drag curve for the body at a = 0o 1s shown 1n the lower
left portion of figure 5. The measured critical Mach number is
about 0.8, very close to that predicted by low speed data and from
the design chart shown previocusly. At a Mach number 0.05 to 0.07
above the critical a slight drag rise appears, which continues to
increase very slowly up to the highest test Mach number, 0.93 '
where the drag coefficlent reaches a value 27 percent above the
lowest value obtained. _

- Some explanation of the cause of this drag rise and the reason
for its small magnitude is found by examination of the pressure
'distributions and the wake profiles.

~
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Pressure distributions are shown for three Mach numbers:
0.6, 0.8 (approximately the critical Mach number), and 0.93, the
highest Mach number obtained. For the last case, a large area of
supersonic velocitles 1is shown to exist, followed by & shock of
conaiderable pregsure rise. The pressure recovery at each Mach -
number 1s, however, essentially identical over the cylindrical
gectlion and ‘at the tail of the body, indicating that no significant
gseparation has occurred. -

The wake profile (right half of fig. 5) plotted as point drag
coefficient against distance from the surface of the body, also -
' shows no significant separation. Insteed a moderate thickening of
the boundary layer is shown to occur. A direct shock loss is also
measured Just outside the boundary layer but is tco small to be
geen on the plot shown.. The contridbution of this aree to the total
drag 1s therefore negligidle,

In conclusion: Data are available for the design of various
types of nose inlets, including cowlings with propeller spinners;
Also, a type of fuselage side inlet which appears useful through
the‘transonic renge has been developed. Tests of a nose inlet at
supercritical speeds have shown that, as in the case of airfoils,
significant clearance exists betwsen the criticel Mach number and
the Mach number at which a drag rise occurs. The moderate drag
rise which occurs up to a Mach number of 0.93 is due to thickening
of the boundary layer by the increased adverse pressure gradient
rather then to direct shock losses and shock—induced separation.
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SUMMARY OF NACA SUBMERGED-INLET INVESTIGATIONS
By Ermet A. Mossman

Ames AerdnauticalALaboratory

On meny existing and proposed airplanes the fuselage shape is

assuming A greater imjcrtance. A dominant factor determining the

shape of the fuselage for a puvrsult-type turbojet airplane may be
the ducting aystéem. The gensral fundemental ieqguirements to be
patisfied by Jet alrplianc durting systems are high ¢fiiclency of the
impact or ram pressure conversion and smell external drag coefficient.
The importance of ram recovery can be visualized by considering its
effect on a typlcal pursuit-type airplene, vowered by a jet engine and
traveling 650 miles por hour at sea level. Analysis shows that for
every 10 percent decrease in ram recovery &t this speed the not thrust
decreases T percent and the specific fuel consumption incresses about
5 percent. The resultant adverse effects on range, climb, end maximum
speed are quite large. C :

Recognizing the need for & nev type inlet which would combine the
good qualities of the nose inlet with the short internal ducting of
the external scoop, the National ﬁdvisory Cammittee fﬂr Aeronautics
has developed what is nown as a submerged air inlet « This intake
i1s shown in figure 1 and the component parts are noted in this figure.
The entrance is completely submergsd below the contour of the fuselage
or wall into which it is placed. The air travels dovn an inclined
surface, which ve have termed the ramp. Ramp angle is the angle of
the intersection of the ramp floor with the fuselage skin, ramp wall
divergencs 1is the divergence of the ramp side wall from the parallel,
end widthvtc-depth retio is simply the ratio of the corresponding
dimensions of the inict. This paper sumarizee the results of research
on NACA svbnerged inlets in the T- by 10-foot, the LO- by 80-foot, end
the 16-foct high-spesd tunnel sections at the Amcs Aeronautical
Laboratozy - . T L

An entry with parellel remp walls was the first to be investlgated,
these tests having been conducted in a small wind channel. As expected,
the pressure recovery with this perallel-walled entry wes not very good,
especially at the low mass .flow ratios. It was then recasoned that
shaping the wallg to conform to the streeamlines at some desired mass
flow ratio might result in better duct characteristics. Such an entry
with divergent ramp walls vwas designed and tested.

A comparison of the pressure recovery for this inlet with that
for a parallel-walled intake is shown in figure 2. These data were
obteined from a full-scale duct installation in the Ames 40- by
80-foot tunnel. The ordinate for these curves is ram-recovery ratio,
vhich is the ratio of the ram pressure recovered to the ram pressure

G
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avallable. This ratio was selected because it 1s relatively constant
for subsonic Mach numbers and is readily measursble. The absclesa

is mass flow ratio, which in the incompressible case 1s equivalent to
inlet velocity ratio. Comparison of the rem recoverles for the parallel-
and divergent-walled intakes indicates thet a considerable increase
results from the use of dlvergent walls at the low mass flow ratios

both at the entrance and at the campressor.

: The principal cause- of the lower ram recovery for an inlet with
parallel walls, especially in the mass flow range less than 1.0, is

the rapid growth of the boundary layer due to the adverse nrnssure
gradient along the ramp. Such is not the case for the inlet with
divergent walls. Even though the pressure pgradient is no less adverse,
surveys at the entrance show that the‘boundary layer on the floor of

the divergent-walled inlet starts anew and remains relatively thin,
desplte the adverse gradient. This probably accounts for the difference
in ram recovery at the low mmss flow ratios between divergent and
parallel-walled submerged inlets., The pressure losses with divergence
have a different origin. The boundary layer on the fuselage skin,
outside the ramp, is partially kept from flowlng over the divergent
remp edges by two factors. The first of these is the pressure gradlent
over the rear 30 percent of the ramp, the pressures in this region .
being greater than those of the surface into which the inlet is placed.
The second factor is-that the outside boundery layer does not flow

over the sharp edge of the ramp wall as easily as it does with the

edge rounded. The cause for this is not fully understood. '

The pressure losses at the entrance for an NACA submerged inlet
are concentrated in two symmetxrical regions, as showm in figure 3.
A major part of these pressure losses appears to originate from a
turbulent mixing process get up by & change in the flow direction as
indicated in this same figure. It is probable that some of the outside
boundery layer is emmeshed and becomes a part of this disturbance.

An extensive investigation has been made to determine the effect
of modifications on submerged inlets. Variations in ramp angle, ramp-
well ddvergence, width-to-depth ratio, remp-floor shape,and boundery-
layer thickness have been tested. Results are piven in reference 1.
An evaluation of these data indicates that satisfactory duct character~

istics may be obtained for a range of the test variables. It appears
that an optimum design of these inlets should employ curved diverging
ramp walls, a ramp angle between 5° and 7°, and a width-to-depth ratio
of from 3 to 5. From measured lip and ramp pressures, high critical
speeds were estimated.

The drag attributable to this type of inlet is shown in figure h

ag a function of mass flow ratio. These data were obtained on. a-%—scale

typlcal duct installation on & fighter airplane. ‘The drag coefficients

T .- I " ST e
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are based on wing area. For an airplane using a 2kc Jet engine and
operating at a high-speed design mass flow ratio of 0.60, there is
no incremental change in airplane C4q, due to the duct installation.

In order to check the validity of the small ‘scale measurements,
models identical except for scale were desigmed and tested in both
the Ames 7- by 10-foot and the Ames Lo~ by 80-foot tunnels. The

agreement between the %-acale and full-scale tests 1s'sbown in figure 5.

The duct location used in this investigation is noted in the figure.
These data show excellent agreement bhetween-the two tests and indicate .
that with proper design high ram recoveries are attainable on full-
scale installations. (Reynolds mmber based on duct depth.) It might
be added further that the variation of rem recovery ratio with angle

of attack was slight for these and other installations.

One especlally important aspect of thié study concerned the
effects of high-speed flight on the operation of this type duct. Tests

of a duct installation on a %-scglq.model of a fighter airplane have

been made in the Ames 16-foot high-speed tiwrmel. The results of these
tests illustrate the effect of Mach number end of .the location of the
inlet on the fuselage. The effect of Mach number is shown in figure 6,
for constant mass flow retios. The recovery remains essentially the
pame for the entire Mach number range of the tests (from 0.3 to a
meximum of 0.875). It has not yet been determined how high a Mach
number can be attained while still maintaining the high pressure recovery.
In figure 7 it may be seen that at a Mach number of 0.875 the critical
presswre coefficient was just reached along the front of the ramp floor.
A shock disturbance would probably first occur in this high velocity
region vhen the fres-stream Mach number became somevhat greater

than 0.875. It may be seen that this reglon extends only over a small
portion of the duct width, the flow outside of the remp on the fuselage
skin being still subsonic. Because the disturbence takes place over

e smaller duct width, it might then be indicatec that the pressurs
recovery would decrease less severly for a divergent-walled entry than
for a parallel-walled one, once the airplane speced wes increased

snough so that a shock wave formed along the ramp.

Given in figure 8 are the four inlet locations on the fuselage
of the -scale model, in percent of the root chord forward or rearward

L

of the wing leading edge. It may be seen that the recovery decreases
slightly as the inlet 1s moved rearward. This was eXpected since the
boundary-layer thickness Increases in this direction. Even though the
decrease in rem recovery ratio may not be considered prohibitive, caution
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should be exsrcised in moving the inlet rearwsrd. Primary consideration
should be given the flow field into which the inlet is placed. At the
farthest rear position (56.h4 percent root chord) the flow along the

basic fuselage became sonic at about the same time as the flow on the
wing. When the duct was located at this position, the pressure recovery
begen to decreass when the Mach number exceeded. 0.80. This drop became
much more marked at moderate angles of attack, the flow on the side

of the fuselage abruptly separating due apparently to the position and .
intensity of the shock wave on the wing.

In conclusion, NACA submerged inlets may be designed to obtain
high ram recovery at a low resultant drag. High- speed. tests on a
E -gcale model showed that for this installation the ram recovery

remalned essentlally constant up to a Mach number of 0.375.
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Figure 3.- Ram-recovery-ratio contours at the entrance of an NACA
submerged duct installation.
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INVESTIGATION OF SIDE INLETS AT SUPERSONIC SPEEDS
By Wellace F Davis

Amee Aeronautical Laboratory

Although & very high diffusion efficiency can be attalned at
suporsonic speeds by nose inlets such as those discussed in reference 1,
practical design considerations often male slde inlets more desirable.
For thls reason, tects are being performed at supersonlc speeds upon
inlets that are situated in a reglon of appreciable boundary layer,
Preliminary tests have shown that the presence of the boundary layer
can cause a relatively poor recovery of total pressure because the
- 8evere adverse pressure gradlent produced by a rapid deceleration of
. the flow at high speeds causes the boundary layer to thicken and

separate, The results of the separation are a fluctuating flow
‘through the intake and a maximum total-pressure ratio arfter diffusion
-that 1s limlted to about two-thirds of that occuring across a normal
shook wave at the seme Mach numbe:, (See referenoe 2.)

To improve the pressure recovery attainab e through a side inlet,
the severity of the compression inside the duc® must be reduced, the
emount of low-energy air of the boundary layer that enters the inlet
must be diminished, or both factors must be reduced simultansously.
‘These considerations have been used in the design of side inlets for
tests in the Ames & by O-inch supersonie turmel, Both anmular
-end twin-scoop inlets are being investigated. because applications
for the. two types may be found in the design of hlgh-epeed alrcraft.

.- . The tests are being pefformed at Mach numbers between 1,36 and 2.01
and at Reynolds numbers, based upon the length of the body ahead of

the intake, of between 2,23 and 3.09 million., Only measurements of

the pressure recovery attainable after diffusion with the various

inlet designs at an angle of attack of 0° have been made at the present
time. Angle—of—attack and comparative-dras studies together with tests
at subsonic speeds are to be performed in the future.

ANNULAR INIEHS
. Three methods for improving the total-pressure recovery attainable
after diffusion through an anmular inlet are being investigated. The
first method is to reduce the inlet Mach number and thus the adverse
pressure gradient that is imposed upon the boundary layer inside the
duct by deflecting the stream ahead of the inlet to create an oblique

_ Bhock wave, A photograph of a model is shown in {igure 1. The
outside diameter of the inlet 1s ebout one inch, and the inlet area

¥
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is about one-third of the frontal area at the station of the duct
entrance. The length of the forebody is five times the dismeter of
the cylindiical section ahead of the ramp. The ramp angle that
deflects the flow 1s increased to increase the intensity of the
oblique shock wave by reducing the length of the ramp while the height
remalns the same.

The second and third methods Tor improving the recovery both
~ Yeduce the amount of low-energy alr that flows through the 1nlet,
' vDrawings of' the models that have been tested are shown in figure 2;
these models are of the same general size and shape as the ramp
model, With the model of figure 2(a), the boundary layer is drewn
from the surfeace of the forebody tiwrough an auxiliary scoop at the
station of the duct entrance by vacuum pumps located outside the wind
turnel. With the model of figure 2(b), energy ia edded to compensete
for the energy decrement in the boundary layer by eJecting high-—
veloclty air along the surface of the forebody upstream of the duct:
entrance. This Jet is supplied by an air bottle Ifrcm ocutside the
wind tunnel, and the aix is expelled through an annular nozzle that
is designed to eject the air at a Mach mumber of 2,2. The width of
the nozzle throat 1s 0,0045 inch and that of the ontlet is -
0,009 inch,

A,The results of tests upon these three models ars shown in figure 3,
in which the maximum total--pressure recovery alfter diffusion through
the anmular inlets is plotted ageinst the Mach number of the free
stream. The results are compared with the total-pressure ratio of a

~normal shock wave, with that of a model having no ramp or boundary—
layer control, and algo with that attalnable with the nose inlets
. descrtbed. in reference 1. :

The model that utilizes an- obligue shock wave to reduce the
.inlet Mach mmber was tested with ramp angles of 59, 109, 15°,
and 17.5°. Throughout the Mach number range of the tests s the
recovery of total pressure increases with ramp angle up to an angle
of 15°, at which value the meximum total-pressure ratio is still
relatively low, about three—quarters of the recovery through a normal
shock wave.

With a suction slot through which 12 percen‘t of the mess of air
flowing through the inlet is drawn, the maximum total-prescure ratio
attained at a Mach mumber of 1.36 is 81 percent and at a Mach number
of 2,01, the recovery is L4 percent., Calculations based upon the
available theory indicate that the amount of alr in the boundary
layer should be no more than 4 percent of that flowing through the
inlet, The reason that the presesure recovery 1s not greater if more
than this mass of alr is removed is not understood a.nd is being
i inveatigated. at the present time.

T A
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4 . . - .
When high-pressure air is ejeoted at a Mach number of 2.2 to
compensate for the energy decrement in the boundary layer, the
apparent recovery is relatlively high at the low supersonlc Mach
numbers; but, as the Mach numher of the free stiream approaches that
of the ejected air, the improvement in the total-pressure ratio
decressés. The "apparent" recovery indicates the total pressure
that would exist at the face of the campressor of & turbo-jet engine.

- However, since the engine would have to. .supply the high-pressure alr

to the nozzle, the effective recovery, as far as the overall pro—
pulsive system is concerned, is considerably lesa, IT the total—
pregsure and mass— low ratioa attained during the tests ars assumed to
occur in a hypothetiaal.engineoperating in the isothermal atmosphere,

the greatest effective pressure recovery occurs when 1l percent of the
alr flowing through the inlet 1s recireuleted, The effective recovery

would then be T4 percont at a Mach number of 1.36 and Lk percent at
2,01; in other words, it is about 15 percent less than the apparent

.. recovery. It is to be expected that scale has an appreciable effect

upon these results because the process is largely dependent upon
viscous forces. Tests at a larger scale will probably show greater
effeotive total-pressure ratlos,

'Twnr,-scooPmms' o

An entry, such as a twLn—scoop inlet, that does not ccmpletely
éncircle the fucelage does not recieve all of the boundary layer
resulting from the flow over the forebody and, therefore, has an
initial advantantage over an annular entrance, It 1s to be expected
that greater effective total-pressure ratios can be attalned than
with an apnular inlet and that, for the seme entrance area, the .
greatest pressure recovery will be attained by the inlet that enc .oses
the smallest portion of the ci cumference of the forebod;

Photographs of the two twin—scoop models that have been tested

" are shown in figure 4. The shape of the forebody, the entrance area,

R

and. the expansion ratlo of the subscnic diflusor are the same as those
of the models having annular entrances, The scoope of the model

shoyn in figure 4(a) enclose 37.2 pergent of the meximum ciroumference
“of tHe forebody, and the heipht of oné scoop is 75 percent of the

width, The inlet of figure i(b) encloses 61.5 percent of the circum-

feventlal length, and the height is 28 percent of the width. 1In
" order to reduce the inlet Mach number, ramps were tested as with the

models having annular entrances, A ramp may have an additional
advantageous effect wlth a twin—-ecoop model because of the three-
dimensional nature of the flow about the scoops. A ccmpression over
the surface of the ramp may cause 2 crboss—low that will tend to make
the boundary layer flow around the inlet,



56 o>

The only method for controlling the bowndary layer flowing into
the scoops that has as yot been tested is to pamss the boundary layer
out of the subsonic diffusor thirough slots cut along the sides of the
duct next to the central body. A photograph of the arrangement is
shown in figure 5. Slots of various widths and lengths have been
~ tested with the models having the two different scoop shapes.

. The results of the tests upon these twin-scoop models are
sumnarized in figure 6 in which the maximum total~pressure ratio
attained after diffusion ls plotted ageinst the free-gtream Mach
number. The reduction in the amount of boundary-leyer alr flowing
. through the inlet that results frcm the use of twin-scoops causes an

improvement in the total-pressure ratio that 1s about the same as the
improvement produced by the addition of a 5° ramp to the annular
Intake, The difference in the recovery attained by the inlet that
- ‘encloses 61,5 percent of the circumferential length of the forebody and
that attalned by the model enclosing 37.2 percent of the circunferencs
is less than 3 percent, The addition of & ramp improves the pressure
recovery of both inlets. The maximum recovery with-the 61.5-percent
entry occurs with a ramp angle of about 5°; with the 37.2-percent
entry the optimum remp angles is about 10°. If slots are cut along
the sldes of the duct, the optimum remp angle increaces. The efxective—
ness of the slot incroases with remp angle; at angles less than 5°
the slots cause no impirovement. With the 61.) percent entry having a
slot whose depth is 50 percent of the helght of a scoop and whose
length is 6 percent of the length of the subsonic dilfusor, the optimum
ramp angle is 12° and the total-pressure ratio is about 88 percent of
that occurring across a normal shock wave, The 37.2-percent entry
having the seme ramp and slots of ‘the same dimensions produces a total-—
pressure ratlo that is about 8-percent greater at a Mach number of
1,36 and the same &t & Mach number of 2.01. If the length of the
. slots of this model is increased to 9 percent of the length of the
subsonic diffusor, the total-pressure ratio attained 1s practically
equal to that of a noimal shock wave at Mach numbers between 1. 36
and 1,70. The recovery after diffusion is 96 percent at a Mach
number of 1.36, or it is equal to that of the Ferri—type nose inlet.

- Although this high recovery 1is obtained at the expense of external
drag, the lncrease in the drag lorce may be small in comparison to
the improvement in the total-pressure recovery. If so, the inlet

" 'will be satisfactory for alrcraft flying at low supersonic Mach

numters. The pressure recovérygggoregggg a gmall amount in relation
to that through a normal shock wave for Mach numbers above 1.70. At
& Mach number of 2,01 the recovery attained by this model is 94 percent
of normalrshock recovery.

s
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Figure 1.- Annular-entrance model with 5° ramp.
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Figure 2.- Annular-entrance models with boundary-layer control.
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Figure 4.- Twin-scoop models with 9° ramps.
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NACELLES FOR HIGH CRITICAL SPEEDS ON.
STRAIGBT AND SWEPT WINGS
By Robert E. Dannenberg

Ames Aercnautical Laboratory

The develovment of a large high~speed airplane utilizing Jet
engines normelly requires that the engines be enclossd in necelles
attached to the wing, In order to achieve high flight velocities,
it is necessary to design the nacelle so that not only 1s the air
ducted to the Jeot engine in en efficlent manner dbut algo go that the
alr flow over the nacelle does not detrimentally -affect the high-speed
drag characteristics of the alrplans. The combination of the wing
and nacelle give rise to interference effects (partlcularly on the
drag and critical speed of the wing-nacelle combination) that awve’
“controlled through the design of the nacelle contour and its positim
on the wing , o .

" The Ianglev Laboratory has recently made high—speed wind~tunnel
measurements on the interference effects of nacelles on straight wings
(refsrence 1), As shown in figure 1, the simulated nacelle for these
tests, -an NACA 11l body of finensas ratio 6, was mounted in various
“vertical positicns on a two-dimensional streight wing having en ..
RACA 65-210 section. - This figure shows the effects of the vertical

‘ position of the nacelle located &6-percent—~chord length ahead of the
" wing, as shown by the corresponding lines, on the nacelle drag coef-—
ficient based on the frontal area CDF as a function of Mach number M.

In the underslung position (shown by the solid-linme curves), the drag

. incrémont at the maximum available test Mach number of 0.7 ind%cated

& emaller tendency to increase at an angle of attack a of O than

" in the other positions. At an angle of attack of 2.5°, the underslung—
ynacelle drag variation was pimilar to that of the plain wing, whersas

the positlons sbove the wing ghowed large drag riees. The fact that

 these interference drags arise from the increased velocities provided -
by the nacelle over the midchord section of the wing is confirmed by

the pressurevdistribution studies. )

‘At an angle of attack of 0° 'the peak suction pressures of the

.. nacelles are located near the midchord gection of the wing. For the

nacelle in the underslung position, these pressures combine with the
lower surface pressures of the wing, The pressures over the upper
purface. remained essentially the same as over the undisturbed wing.
Raising the nacelles from the low position increased the velocities

.over the wing adJacent to the nacelles ‘and resulted tn a decreased
Mach number at which the sevére" ‘drag rises occurred. This effect 18
~ even more pronounced at higher angles of attack.
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Figure 2 cshows the influence of horizontal position on the drag
characteristics of the undersiung nacelle., Although little drag
variation was noted at an angle of attack of 0° up %o the maximum
test Mach number, the drag coefficients decrecsed with forward

. nacelle locatlon et an angle of attack of 2.5°, Little cliange was

note@ on the wing pressures from varying the nacelle posgition hori-
zontally; however, the forward position resulted in an spprecicble
loss in Iift of the wing-nacelle combination. Giving the nacelle
(shovn by the solid-line curve) oither positive or negstive Jncidence

.reduced the Mach number at which the drag rise occurred.

The Ames Laboratory has made wind--tunnel studies of the Inter-
ference effects of a nacelle with intermal air flow as shown in
figure 3. Thils regearch covered nacelle-typss for conventional-wing
high-speed bombers, powered with four Jet engines housed either in
two dvual-unit nacelles, which alsoc enclose the landing wheel, or 1n
four single-unit nacelles. Tests were made for the nacelles under—
slung beneath the wing and for nacelles centrally located on the wing.
Figure 4 shows the internal arrangement of the dual-unit nacelles.

The Jet engines were placed well forward on the wing to ald in
providing proper balance to the airplano. Retracting the lending
vheel into a forward positicn of the macalle allowed the cusp-type
afterbody to taper more gradually and kept the frontal and surface-
ereas as small as possible. The forebody shape ahead of the wing

was designed to have no localized velocity peaks over the lips. The
general body lines were selected to give constant cross—secticnal
area for the central portion of the nacelle to minimize the additional
interference velocities produced by the nacelle in the region of the
wing. )

The dual—-unit nacelles as shcwn in figure 4 and the single-unit
nacelles were developed in a low-gpeed wind—tumnel investigation on

e %-—scale model (reference 2). The nacelles showed. desirable aero—

dynamic characterisfiés. Satisfactory internal pressure recoveries

. were obtained. The drag of each nacelle based on the frontal area
“was approximately 0.05. Negligible adverse interference effects on

the maximum 1ift and pitching-moment characteristics were experienced.

.. Locating the nacelle underslung bemeath the wing resulted in a glight

increase of the angle of zero lift. The predicued critical compressi-
bility speed for the combination of the wing and each nacelle above

an inlet-velocity ratio of 0.5 was above that of the plain wing except
in the wing-nacelle Jjuncture.

The high—speed characteristics ¢f the dual-unit nacelles were

obtained with a .-9--ecale model of the wing, fuselage, and two

nacellee (references 3 and h) The external-drag coefficlent of
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the underslung end central dual nacellss, based on the frontal area,
wera 0.06 and 0.0bL, respectively, at zero 1ift snd at a Mach nmber
of 0.74., The variation in pitching moment and angle of attack for
zero lift with Mach number was slight up to drag divergencs.

Pressure gtudies at high gpeeds ghowed satisfactory distribution
over the nacelle except in the wing-nacelle juncture. This Wwas similar
to the results predicted from the low—gpeed tests. Normally, the‘
critical Mach numbers are compared as an indication of whether the.
Mach number for drag divergence of the wing-nacelle combinatlon 18
equal or below thet of the plain wing. Figure 5 shows the predlcted
criticel Mach number M., 28 a function of the angle of attack «

. of the various sections of the duel underslung nacelle, The critical
"Mach number of the upper center line, the 1lip section, the half-
breadth, as well as the upper end lower Junctures, are presented
inasmnch as they ere ropresentative of the type encountered with an
underslung nacelle. The lower wing-nacelle Juncture, although
filleted, was critical over a small angle range (fig. 5). These
predicted critical Mach numbers were based on the peak suction
pressures occurring at the Juncture lsading edge. Basing the
predicted Mach number on the juncture pressure at the midchord
gection would result in a valus above that of the wing. Centrally
located nacelles exhibit similar cheracteristics except that the
critical pressures usually occur in the upper—surface Juncture at
the maximum thickness of. the wing ,

.,\AThe high—speed drag characteristics of the dval nacelles are -
;Apresented in figure 6 In this figure the drag coefficient Cp of

the wing and fuselage with two nacelles are pregented as a function
of Mach number M and esre shown by the corresponding lines for 1ift
coefficient Cp: of O and 0.2. The presence of either type nacelle
hed no appreciable effect on the Mach number of drag divergence
compared. to the basic wing—fuselags coumbination. other than to steepen
the rise of the drag curves after the divergence Mach number was
reached. It is interesting to note that the predicted Mach number

as set by the leading-edge—juncture pressures was well below that
obtained by actual test. This would indicate that a predicted
critical Mach number, based on the very locallzed suction pressure

" oceurring in.a wing-nacelle  juncture, is evidently qulte comservative.
Extensive pressure surveys made in the wing-fuselage Jjuncture revealed
that the critical pressures were contained in a very small region

. adjacent to the nacelle, that extended but I%a-chord length along

the _span, Outboard of this region the pressures were satisfactory

, _ When the problem of nacelle design on a sweptback wing is
considered it 18 desired that the {nterfersnce foeutﬁ resulting

B AT R



frem the addition of the naocelles on the swept wing will not reduce
the divergence Mach number, Any reduction will tend to mullify the
advantages galned through the use of sweepback.

Before proceeding with the problem of the design of an alr-flow -
nacelle, ‘it was necessary to obtaln information relative to the
interference effects of a Jet nacelle body on a sweptback wing.

For this purpose, a nacelle was mounted at variouz positions- along
the 3l-percent semispan station of a sweptback wing as shown in
figure T, The nacelle was simulated by a prolate ellipsoid. of
fineriess ratio 5 mounted on an NACA 64—212 wing swept 35

" 'The nacelles were 1nvestigated. at low speed at the central -
locations shown in figure- 7: (1) a forward position LO-percent—chord
length ahead of the wing leading edge, (2) & leading-edge position
coincident with the wing leading edge, end {3) an aft position
coincident with the LO—percent wing—chord line. The nacelle was
also mou.n‘ce_d. in an undergslung position 40-percent—chord length
shead of the wing leading edge and on a strut below the wing as it
- was belleved that such a position may be necessary to reduce the
interference e’fects, The nacelle was located ahead and colncident
- with the wing leading edge on different length struts.

The experimenta.l results of the low-speed investigation
(reference 5) showed that the nacelle in the above locations had
negligible effect on the maximum 1lift and pitching-mement character—
istics. Locating the nacelle beneath the wing and on the struts
slightly increased the angle of zero 1lift. The external-drag coef—
ficient based on the frontal area was approximately 0.05, Practically
the only effect of the nacelle position was on the pressure distri-
bution. All the wing-mounted nacelles produced a velocity distri-
bution over the center lines which were less than the meximum
velocities over the basiq awept wing. The lowest velocity distri—
bution was obtalned over the center line of the nacelle having
the minimum pressure point farthest aft of the minimum pressure
point of the wing (that is, the nacelle in the aft position). The
.application of a wing-leading-edge entrance with such a nacelle -
position is ind.icated

' 'I'he p”essure "t bution along the “{nboard wing-nacelle TR
Juncture varied with nacelle location. With the nacelle in the
forward position, the peak suction pressures at the Jucture leading
edge werse well above thoge of the wing. In the lea.ding—edge position,
the pressures were generally of the same magnitude as the pressures
along the midchord of the wing., Locating the nacelle in the aft

- position reduced the Juncture pressures well below those of the wing.
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The preasure dlstribvtion along the outboard Junctures were satis—
factory for all nacells positions, - o

The pressure distribution over the nacelle mounted on the gtrut
of lengths 20-percent and 30-peircent chord below the wing were satis-—
factory; however, the strut junctures at the nacelle and particularly
at the wing showed the formation of high localized velocltles over
the inboard surfece. These high velocitles were due in part to the
suction pressures of the strut and lower wing surface being coincident
at the same chordwise station. Undoubtedly these velocitles could be
reduced by changing the location of tne strut peak pressure with
respect to that Qf the wing. S

The Lang,ey Laboratory (reference 6) investigated the effect of
va central nacelle located ahead of the leading edge of a sweptback
wingwhae the engle of sweep A 1s equal to 43° as shewm in figure 8.
Up to the maximum available test Mach number of O. 6L, the addition

of the nacelle had but little effect on the lif% drac, and moment
characteristics. The pressure—ccefiicient contuurg over the upper
surface of the wing and nacelle are shown in figure 8 for a Mach number
of 0,61 and a 1ift coefficient of 0.20. The pressures over the nacelle
ere less than those over the midchord cection of the baslc wing except
for a very emall region at the inbecard- jupcture leading edge. A
possible detrimental interference effect due to the nacelle is the
shifting of the constant pressure lines along the plain wing from a
position parallel to the wing leading edze to one normal to the fl*ght
path. Further research at high speeds 1s necessary to eveluate this
effect on the drag characteristics. Similar results were obt ained
with the sams nacelle location but with the wing ewept forward 459, .-
except that the leading~adge peak suction pressures shifted to the
‘outboard Juncture o . .

In swmary, the design of a high—critlcel-speed wing-nacelle
combination is primarily dependent on the locatfon of the nacelle
such that the peak suction pressures of the nacelle and wing do not
coincide at the seme chordwise position or unite in an area that 1s
largely influenced by the 1ift additional of the wing. The low—speed
or basic drag of the combination depends upon the contours of the

=+ nacelle and 1ts location on the wing, It is greatest when the wing-

nacelle components intersect in such a way that regions of adverse
pressure gradients face each other upon thelr surfaces. Early drag
riges resulted for a wing-nacelle combination on a straight wing in
which the pressures coincide in the midchord section of the wing,
particularly with the nacelle in & central positlon. Satlsfactory
drag characteristics were cbtained for the nacelle design in which
the peak suction pressures Were located behind those of the wing.
High—speed drag results showed that the localized peak suction
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pressures at the leading edge of fhe wing-nacelle Jjuncture on a
conventional wing did not contribute to a reduction in the critical
speed of the comblnation.
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- Figure 3.- Jet-engine nacelles mounted on the wing panel,
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PROPELLERS AT HIGHE SPEEDS
~ By Eugene C. Draley

Langley Memorial.Aeronautical'Laboratory

~ The first NACA high forward—epeed propeller tests were con—
ducted during' the recent war period. The purpose of ‘these high—
speed propeller tests was to study the factors affecting the pro-
peller performance at high speede and to obtain information
permitting the design of propellers having high performance at high
forward speeds. The purpose of this paper is to present the more
recent results obtained in this program. Studies have been made of
air flow phencmena at low speeds, which are therefore not included
in this paper, of some of the basic Pactors which affect high—epeed
propeller performance. These studies cover research on propeller
pitch distribution (reference 1), propeller design and performance
(references 2, 3, and 4), dual-rotation propellers (references 5
and 6), and the field of flow around air inlet cowlingd and pro—
peller spinners (reference 7) '

The results of the tests of the NACA 4-508-03 propeller in the
Langley 8—foot high-speed tunnel are presented in figure 1 which
shows the status of the high—speed research program on propellers.
In the upper part of this figure is a plot of maximum efficiency"
against forwvard Mach number. The design numerals. represent, in
order of presentation, the propeller diameter, the design camber in
terms of design 1ift coefficient at the 0.7 blade~radius station,
the thickness ratio at the 0.7 blade-radiue station, and the o
solidity per blade. These test results were cbtained for a blade-
angle setting of 60°. For purposes of comparison there are
included in this figure the efficilency characteristics of propellers
currently in use at the time the high-speed propeller program was
initiated. Also included, for purposes of comparison, is the
variation in ideal Jet—propulsion efficiency based upon typical
values of the thrust per unit area currently used in Jet engines.
Comparison between the previous propeller efficiency and the

NACA high-speed propeller efficiency indicates the gains made in’ the
early phase of the research program, It should be noted that the levels
of efficiency for the NACA propeller at low speeds is unusually high,

" "well in excess of 90 percent. Thé Tesults indicate that propellers with

relatively high levels of efficlency could be designed for speeds
as high as 500 miles per hour. These high levels are the result

of Using optimum NACA l6-series prapeller airfoils with very thin
séctions, of eliminating the thick shank sections of propellers,
and of desigriing the propeller to operate with ideal Betz loadings
by methods outlined in references 8§ and 9. Comparison of this .
efficiency with the efficiency of typical previous propellers indi-
catee the gains in propeller performauce thus obtained by improved

Precedmg page blank
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design. The onset of conpressi%ility‘effects was delayed by about
100 miles per hour in forward _gpeed.

The early phase of this research program was limited in forward
Mach number to approximately 0.7 {approximately 500 miles per hour)
and this 1limit ie indicated by the cross-hatched region in figure 1.

A recent phase of this work has ‘included the extensicn in the
Langley 8-foot hi ghpspeed turmel of “this study to higher forward
speeds in excess of 90 percent of the speed of sound, The ‘part of
the curve to the right of the cross-hatched region represents the
results of these tests’ (reference 10). -The purpose of the testa
was to obtain data at extremely high forward speeds and 1ncreased :
power loadings for a study of the phencmena in this speéd range
and thus to define for modern propellers the maximum efficiency
characteristics and to obtain indications of possible further
improvement in propeller performance. ) .

The test results show that,at forward Mach nambers in the
order of 70 percent of the speed of sound, very large serious: . . .
adverse effects of campressibility occur ao‘that efficlency levels
of the order of 50 percent to 55 percent are reached at forward Mach
numbers of 85 percent of the speed of sound. Thus, for the first
tpme, a comparison is obtained which defines the range of forward .
speeds in which propellers are more efficient than jet engines and
the range of speeds. in which Jet engines are more efficient than
propellers., It should be noted, however, that this comparison-
between the ideal Jet efficiency and the propeller efficiency 15
subJect to changes, as illustrated by the fact that large improve—
ment . over the previous propeller characteristics has already been
obtained , -

. The second part of figure 1 48 a plot of the power coeff*cient
corresponding to the maximum efficiency curve for the two-blade
NACA propeller shown in the upper part of the fizure. Of interest
here 1s the fact that the effects of compresslbillty ‘on’ the power.
coefficient corresponding to maximun efficlenty does not lead to

- very serious .and abrupt reductions in the value of this power coef—
- -ficlent,which reduction will be shown later to occur at lower
,”settings of the blade angle. As a matter of fact, at the maximum

~ speed shown there 1s & tendency toward further increasds in.this-
power coefficient. Tests made at higher speeds where maximum effi—
ciency was not obtained indicated moreover that at these higher.
speeds further rapid increages in the power goefficient can be
expacted. Predictions based on low—speed information of the power
coefficient for e ximum efficiency for, the hightadvance—diameter :
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ratios (approximately 4) associated with blade angles of 60° are
thue indicated to underestimate tne highpspeed value of the power
coefficient. . _

Ry "";1 SRS e ;','

The lower part of figure 1 illustrates gsome of the reasons for
. the aforementioned changes. It 18 a. plét of the redial distribution
" of thrust along the blade radius measured by momentum surveys. At
low Bpeeds the distribution of thrust very closely approaches the
ideal. loading for which the propeller vag designed. As the forward
speed is increased, however, effects of compressibility léad to loss
in thrust, first at the tip, and, with further increases in speed,
these losses. progressively move toward the root. section of the pro~
peller. Thls type of phencmenon has been 11lustrated before at
lower advance—diameter ratios (references 1l and 12). As this loss
progressively moves inboard, however, another phenamenon begins to
occur at the tip at these high bldde angles and results in ‘increased
~ tip loads.; This increase of load at the tip coampensates for the
. loss in load at the inboard gections. JIndications of this effect
xhave also ‘been found in flight {reference 13). S
The increaSed load at the tip sections of the propeller is ffj
believed to be.asaociated with the second force-break characteristic
whare, An plots of wing 1ift coefficient for ¢onstent angles of"'
attack against Mach number, there is an abrupt rise in the’ lift
values following the well-known loss in 1ift characteristics o
(reference k), ,

The resultant section Mach number has been calculated for a.
large number of these measured thrust distributions for the points
along the blade radius where the loss in thrust ‘between the low-
speed thrust value and the value at any high speed is the maximum.
The. resultant Mach number for all cases tends to. scatter closely
around a value of the resultant section Mach number of 0. 9 .

It 18 believed that, with such thrust distributicns as were .” |
measured for forward Mach numbers of 0.85, the aforementioned losses | <
in efficiency for these speeds may include 2 ldrge component of ' .
induced loss because of the departure from the jdeal loading (as 1indi-
.. cated. by & occmparison of the low-speed and . the high-epeed thrust. .. |
distributions). Modification of pitch distribution, for example, to
provide & closer approach,to the i@eal type of Load distr*butiou
may offer considerable improvement in the efficlencies shown.

. Calculations have further indicated that a la:ge part of the
{nduced losses which may occur at these high forward speeds and high
advance~dlameter ratios can be’ ekpected 'to be ‘agBociated with induced

-



70 L Y

rotational losses. Thus the use of dual-rotational propellers which
thecretically at least eliminate the rotational losses are indicated
to offer improvements in propeller efficiency. -

The use of sweep to delay the onset of campressibility effects
to even highor forward speeds is also currently being studied. Pre—
liminary tests with sweep incorporated in Just the tip section of
propeller blades has indicated that thé use of sweep will permit a
significant delay in the onset of compressibility effects (refer~
ence 15). More recently the NACA found that there were propeller. :
blades incorporating sweep which had been built for flight tests by
a manufacturer, It appeared that these blades would be available -
sooner than éxisting NACA designs which are currently being built.
Stepe were taken to procure these blades for testing in’ the
. Langley l6-foot high~epeed tunnel. :

.

Figure 2 describes the propellers and the test results obtained

Two propellers were tested, one stralght and one with sweep as indi-
cated by the plan~form lines. The part bhelow the propellers is a
plot of the variation of sweep angle along the radius of the swept
propeller. The results of the tests are shown in the lower part of
‘this figure in the form of maximum efficiency plotted against
resultant tip Mach number which is chosen rather than forward Mach -
number 8ince the resultant tip Mach number is a more exact indice-
~tion of the onset of compressibility effects. The differences in
maximum efficiency between the straight and swept propellers shown
are within the experimental accuracy of the tests. The results show
that sweep can be incorporated throughout the blade radius without
serious adverse effects on low~speed efficiencies. Even at the
maximum tip speed attained, which was a limitatlon imposed by the
larger diameter (13 ft) of this propeller as compared to the standard
size (10 £t) for which the dynamometer equipment was designed, there
were no essential differences in the propeller efficiencies. Pre—
sumably, delays in the onset of campressibility effects might be
Indicated at higher tip Mach numbers. Because no effects of com~
pressibility ‘are shown, the magnitude of the delay fram the amount
of* sweep uged hes not been defined. ,

Included in the part Just under the blade plan-form curves for

* "the twé propellers to 4ndicate the amount. of sweep required for a

given delay of compressibility effects is the variation in sweep
indicated by analytical studies to be required to delay compressi-
bility effects by approximately 100 miles per hour. These valuss
Indicate that large amounts of sweep are necessary before signifi—

.":This same characteristic has already been shown 1or wings where




"sweep angles of less than 30° are not effective in delaying com~
preesibility effecte. S A o

In addition to the recent wOrk performed "to study the phenemena
on propellers at speeds in excess of 500 miles per hour, there has
‘been made concurrently with the work Just discussed a study at
speeds up to 500 miles per hour in the Langley l6~foot high—speed
tunnel of the effects of various design parameters on propeller per—
formance (references 16 17, 18, end 19)

vIncluded 1n this work.is~the;effect of solidity. These results

arég shown in figure 3 for studies of three propeller configurativms.
‘Tests were made of a two-blade narrow propeller, a two-blade wide
' propeller having increase in golidity of 50 percent over the narrow
blade propeller, and a three—blade propeller utilizing the same -
narrow propeller blade, thus providihg again a SO-percent increase
in propeller solidity. The results are presented in the upper part
- in the farm of a plot of maximum efficlency against resultant tip

Mach number for & blade angle of 45°,. It 1s indicated that little
or no changes in efficiency occuwr in increasing the solidity by
increasing the number of blades or the-blade width., As a matter of
fact, the ehanges in efficlency shown correspond in magnitude to the
calculated changes in efficlency due to the increased induced losses
occurring for the higher solidity propellers. -

The lower part 18 & plot of the power ooefficient corresponding
to the maximum efficlency curves presented above. At law tip speeds
the three-blade propeller absorbs considerably much more power at
maximum efficiency than doces the two-blade wide propeller. Thus an
increase in solidity by the use of an increased number of blades is
indicated to be more effective in increasing the power .capacity of
the propeller than 1s an increase in solidity by increaeing the -
blade width. ()cv’ (yﬁ*b’ Mt cinr fa [-] :

. . { |

At high ‘tip Mach numbers where the effects of compreselbility
are shown to be severe, very large reductions in the power coeffi-
cient for maximum efficiency for all three propellere tested was
obsgerved,

I"’

- ¢ THese curves, which-ere presented for blade angles of 45°.- .

(advance—diameter ratio of approximately 2), are in marked contrast
to the power coefficient curves for maximum efficiency shown in
figure 1 where for blade angles of 60° (advance-diameter ratio
epproximately 4) no such large losses were shovn.-

”‘ The large variation in these power—coefficient characterietics
at the high tip Mach rumbers together with the differences at dif- -
ferent adyanoe—dlameter ratios indicates that predictions of these

“
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characteristics based on low-speed data could be expected to be
inaccurate. However, in order to attaln even the maximum effi-
clency shown at the higher tip Mach numbers, it is necessary to
‘operate at or very near these power coefficients because the results
{ndicate that departure from these power coefficients would lead to
efficiency values considerably 1ese than the maxﬂmum valuee shown.

The onset of cangreseibility effects for the wide—blade pro-
Jpgller occurs at a higher tip Mach number than it does for the
" three-blade propeller. This difference is believed to be a result
?r \‘ ¥ of the effects of aspect ratio, the wider blade having the lower
bv{k v*‘éspect ratio. Reductions in aspect ratio have been shown in studles
a ¢'§,¢} »* of wings by Stack and Lindsey to lead to delays in the onset of
R PCW° (f’ campressibility effects (reference 20) Increase in 'solidity by
B T ;thuee of wide propeller blades has been studied through & _range of
(&LL&*a} solidities approximately twice that presented in figure 3 (refer— )
C wﬂf oﬁkence 21). The results of these tests have given similar indication
Rﬁ ( that wide propeller blades tend to delay the onset of compressibility

~1~Lw(,~ effects.
D

; /}'}

W , Airfoil and wing ‘studies at high speeds have long indicated
that reductions in airfoil thickness ratio provides delays in the
onget of compressibility effects., Studies of propeller airfoil
sections (reference 22) ‘have indicated that increased values of ~
efficlency even at low speede can be obtained through the use of
thinner propeller sections. "Tests of propellers having different .
thickness ratios have been studied to ‘evaluate these éffects Ao o
terms of propeller performance. o ‘ .

Figure 4 includes teet results of two sets of propellere having
different thickness ratioe. ‘A pair of propellers having the plan
form shown on the left of the figure and having identical - ]
camber (CLD = 0, +3)» but with sectional thickness ratlios of

12 and 8 percent, respectively, were. tegted. , The distribution of
the thickness ratio along the propeller—blade radius 1s shown.. The
maximum efficiency for these two propellers is plotted against a ..
tip Mech number. The results indicate that even at low speeds, as
was indicated by the airfoil studies, the thinner propeller has the
higher efficiency and this incremental efficiency becames con-—
"8lderadly larger above tip Mach numbers of 0.92.° Moreover, the :
point &t which the effects of compressibility begin to occur are
shown’ to be delayed by the thinner propeller. L

.On the right-hand side of the-figure, test resulte are shown
for another pair of propellers having identical characteristics but
with thicknese ratios of 5 and & percent, respectively, at the
0.7 blade—radius station, The variation in the thicknese ratio :

p—
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along the blade radiys is shown, In the' plot of maximum efficiency
characterigtics, the thinner blade is the more efficlent which, at
the hLighest tip Mach number presentsd, ‘amounts to an improvement in
efficlency of approximately 2 percent and, at the seme time, indi-
cates further delays in the campréssibility effects, . For example, .
up to tip Mach numbers of 0.97, the 5-percent—thick propeller- shows
no adverse effects of campressibility; whereas the 8~perrent—thick
propeller in the left~hand part has shown effects of compressib;lity
at tip Mach numbers in the order of 0.9%. Thms, reductions in pro-
peller thickness ratio to as low as 5 percent are shown to offer
improvements in propeller efficiency. S

Recent high-spesed research on propeller airfoils in the i
langley 2b—-inch high-speed tunnel has included studies of the effoct ~
of camber as well a8 effects of thicknesg ratio (reference 22), The~
effects of camber at high specds, as indicated from this airfoil
data, 1is shown in figure 5 in which is plotted the section effi-
ciency of two propeller airfoils having the thickmness, differing
only in design camber (NACA 16-506 and NACA 16-106). The section
efficiency is calculated fram the equation shown in the figure and ‘
is a function only of the L/D characteristics of the section, The
values of L/D for the two airfoils were chosen at a 1Lift coeffi-
clent of 0.5 which is the design operating condition for the higher
cambered airfoil. The results havs been plotted a~ainst section
Mach number.

At low speeds, as would be expected, the higher cambered airfoll
when operating at its design lift coefficient of 0.5 is approximately
2 percent more efficient than the lower cambered airfoil. However,
at high speeds the camparison is reversed, the lcwer cambered airfoil
‘being 2 percent more sfficient than tihe higher cambered airfoll even
though the 1lift coefficient is considerably in excess of the design
value for the low cambered airfolil. Data for other thickness ratlos
and for other airfoils have also indicated the same trend, and the
results indicate that at supercritical speeds the most efflclent
airfoll sections are those which have very small emcunts of camber
or no camber. Thus, improvements in propeller performance is indi—
cated through the use of reduced camber, particularly in the tip
section of propellers where the sectlona are often deeigned to
operate at supercritical speed- ‘conditions. ‘ :

High—speed propeller tests of propellers having varlaticns in
camber have substantiated this conclusion in zeneral, and figure 6
shows the results of a geries of tests on three propellers differing
only in camber. The propeller-blade form 1s shown in the figure,
and the varlation in the design 1lift coefficient along the blade
" radius 15 also shown for the three propellers, The test results are



plotted in the form ‘of maximum efficiency against tip Mach number.
The highest values of efficiency at low Mach ‘numbers are shown for
the propeller. having camber corresponding to design 1ift coeffi-
cient of 0.5.. The propeller blade heving a design 1ift coefficient
of 0.3. is, at low tip speeds, only a fow percent less efficient
than -the propeller blade having a design lift coefficient of C.5.
The propeller blade having a design lift coefficient of 1.0 shows
the pocrest efficiency throughout the rdnge. At supercritical

tip speeds, however, there 1s a tenden¢cy toward revergal of the
comparison between the propellers having 0.5 and 0.3 design cambors,
the lowest cambered blade having elightly the best efficiency. The
effect is not as etrong as was indicated by the study of propeller
airfoils.\ . . . o

The reeulte of the propeller airfoil study are sémewhat

masked by the fact that there exists a Mach number gradient all

along the propelleréblade radius so that the effect of supercritical—
speed operation is confined to the tip portions of the propeller, and
thus the full effect of the improvement in efficlency through reduce
tion in camber at supercritical section speeds is confined to &

small portion of the propeller. At higher advance—diameter ratios
where' the Mach number gradient alomg the blade is more uniform,

this effect would be expected to be larger.

High-speed propeller research has thus indicated that propellere
having high levels of efficiency up to forward speeds in the order .
of 500 miles per hour are possible; that improvements in gropeller.
efficiencies at speeds in excess of 500 miles per hour are indicated
- thriough the use of pitch distribution modifications and dual-

. rotation propellers; and that more extensive increases ars possible
through the use of sweepback and perhaps low aspect ratio in ,"
propeller blades,” However, experimental studies to define ‘the -

- magnjtude of these effects have not been made. The proper selec—
tion of camber, solidity, and propeller-section thickness. ratio has
also been shown to effect significant improvement in propeller .
performance. ,
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SOME HIGH-SPEED FIUTTER STUDIES
By I. E Garrick

'Langley Memorial Aeronautical Laboratory

, It is intended to present a brief review and progress report of
goms of our recent studies on flutter at high speeds. In order to
present this work with a degree of continuity, it is perhaps desirable
to make a fow obssrvations of general interest on the past gtream of
flutter work.

The field of flutter is concerned essentially with a study of
the circumstences whereby a complicated elastic etructure such as an.
aircraft or alrcraft component cen spontaneously become & "flutter"
machine and absorb energy from the alrstream to the extent of :
damaging or destroying itself, Hence it would appear that knowledge
of nonstationary aerodynamic phenomenc is a basic requirement to.
our understanding of flutter., Yet in the old days (some twenty
years ago) flutter was discussed without this knowledge of even the
low-speed air forces, and analysis employed elther statically
determined aerodynamic coefficients or, as continues even to the
present day, a set or matrix of numbers arrived at by some combina—
' tion of reason, guess, and hope.

o Although these older investigations sometimes led to scme

misleading specific rules, nevertheless they also led to certain
basic principles for flutter prevention. Thus, the basic safeguards
of (a) increased stiffness, (b) avoldence of coupling (implying,.
for example) proper mass balance, and (c) sufficient damping -
followed without specific knowlolge of the air forces.

The detalled questions of what kind of stiffness, how much
stiffness, how to attain it; how much mess balance, where to put it,
what modes to balance agalnst; how much damping is needed, how
reliable 1s the damping avallable, how "irreversible" is irreversible
when applied to control surfaces such as tabs, These and similar
questions are not yet answered in-general but orly in special
clrcumstances, for these questlons are tied up with elastic problems
. .which are too complex to be anything but approximately hendled

" " even without consideration éf alr forcee, and with aerodynamic

problems which are complicated enough even in the steady case and
for rigld structures. :

" Yet the accumulated experience in flutter is of formidable
quantity (as anyone who hag etruggled with the flutter field can
attest) and represents information obtained by combinations of
etatietical etudies, analyeis, theory, and tesuing.
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An example of a distillate of this experience in the form of
recommended procedures in design 1s the Army, Navy, Commerce
bulletin, soon to be made availlable: ANC-12 (1) "Procedure for
Alrcraft Structural Vibration Survey" and ANC-12 (2) "Methods of ‘
Flutter Prevention" Another example is the torsional stiffness
criterion of reference 1.

Although stiffness criteria and similer procedural rvles of
-thumb can be of great practical help they should not serve as a
substitute for thought or camouflage the need for understanding.

Before discussing the experlimental studies I would like to
glve a thumb-nail sketch of the theprstical besis for study of the
aerodynamic forces and some of the impliocations., I intend to
present only the governing field equations and their significance
without going into any mathemetical details,

The general nonstationary flow equations for irrotational
potential flow of a compressible fluild can be expressed in an
Invariant form:

LR eewm @

. . g 3 ) 3
where the differential symbols X and -7 (-vi o + Vy 5 + 7, 3_
operate only on the velocity potentiel ¢ (not on v) and whers, for
the adisbatic pressure—density relation, the local (variable) speed

of sound 1s

2=c2-2=12
. o 2

The compressible-flow equations have not, so far as I am aware,
been given this wave-equation form before and perhaps that is a
- valld reason for showing it here., The potentlal is propagated in
. the manner of e weve dlsturtance of finite amplitude throughout e
medium in which the velocity of sound is variable,

The invaeriant form serves to unify the general compressible
potential-flow picture, at least for purposes of discussion. For

example when 'g%v ts absent and the disturbance not necessarily
small the equation becomes the one treated by Releigh, Janzen, and
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Poggl. In a space of one dimension, for exampls, it reduces to the
equation of Riemann for eerial plane waves of finite amplitudes.
(For ¢ = o, 1t reduces to the incompressible casge.)

For suall disturbances frem & main stream V 1in the x~direction
the original nonlineer equation becomes a linear one and ¢ 1is now
treated as a ccnstant :

. 5 , )

-1 ) 2 ’

5 §E+v&> g - P @
Thls equaticn contains the equatlion -for the propagation of sound
(V = 0), the equation leading to thin—eirfoil theory and the
Prandtl—Glauert and Ackeret rules in steady flow, and the equation
treated by Possio and others for subsonic and supersonic non--
stationary flow, The treatment of flow in a plane on the basis
of this equeation is in pretty fair shape and a number of theoretical

papers and appvlicaticns exist but much remains to be done on the.
handling of finite—epan problems. (See refersnces 2 and 3.)

In the noar sonic region the lincarized theoretical basis
clearly requires modification as indicated by the Prandtl-Glauert
and Ackeret rules lesding to infinite slopes of the lift curve
at- M =1, It is likely that in this region it is necessary to
employ iterative methods and to teke into account second--order and
other effects (including viscosity and shape factors) but even the
small~digturbance equation appears differently. Thus, if all
velocitiqs are only slightly different from the velocity of
sound ¢, and the main streem is in the x-direction, there 1s
obtalned for the equation satisfied by the ¥elocity potential

N 9 * O = 2 : __?_53) ;
(Eg,c&)gs V¢+(7+1)¢xx(1 = (3)

C*?'

C -

. Thils equation rednces in the steady case to a nonlinear
equation leading to the transgonic simllarily rules discussed by
von Karman in his Wright lecturs. With this smsll tackground of
theoretical considerations it 1s apparent that the detalled flow



picture in the rionstationary cass, particnlarly at near sonic speeds,
can become very complicated. But in this subject we often have to
postpone owr understanding of detsils in order to obtain knowledge,
in reasonable time, of integrated effects. Information on scme of
these integrated effects was the objective of the first phase of

our experimental work.

Study of torsion-bending wing flutterr at high spoeds has been
made by means of wind-tunnel testing and also with the aid of
recently ploneered techniques employing bemb drops end rockets.

The scope of the wind-tunnel investigation which was made in
the langley 4.5-foot flutter—research tumnel, ia indicated in
figure 1. The models wers cantilever wings which were simply
built since flutter fatalities were many. They were mainly of
wood construction, many with suitable metal inserts, a few had ribs
and spars covered with fabric. A range of semlspan-chord ratios
1s covered,.a range of sweep including some types of built-in
sweop and rotated models and gome tapered wings.

Figure 2 shows a particular swept wing mounted as a cantilever
In the Lengley 4,5-foot flutter—research tunnel, Two noteworthy
features of this wind tunnel are the 30 to 1 possible density changs
In the medium and the relatively high Mach numbers attained at
different density conditions with low power by the use of mixtures
of alr and Freon-12. Scume erratic results have been obtainad near
top tunnel speeds corresponding to choking conditions but in general
the tunnel date taken at Mach numbers below Q.8 ars considered
relleble,

Figure 3 shows a high—speed-rocket flutter vehicle. It has a
top speed corresnonding to sabout M = 1.5, an acceleration of
ebout 50 g. Its weight 1s about 100 pounds. It is the high
acceleration type of rocket which experienced a large number of
fallures when originally used for aerodynemic tests and which led
to the empirical torsional-stiffness criterion given in reference 1.

‘This test vshicle is at present used for exploratory flutter
testing and employs & break-wire to determine time of wing failure

~ (referenceé k). Telemeter equirment for it is also being planned.

Because of 1ts high acceleration, when wing failurs occurs, it
takes place within about a second from the time of launching. The
few cases tested to date have shown fairly consistent results with
duplicate firings and also in comparison with the low-ecceleration
bamb drop tests; however it is planned to test further for effects of
acceleration. . . y , '
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Figire 4 1s a photograph of the larger low-ecceleration rocket
(designated FR-1) shown with 45° sweptveck test wings. Its weight.
is about 250 pounds, ita acceleration from 2 to Lg and its top
speed corresponds to a Mach number about 1,2, This rocket is .
equipped with & telemeter to tranemit strain gage, breakwire, and
acceleration records of the wings. A sample record (reference 5)°
will be shown subsequently. '

Figure 5 shows a free—fall-bomb flutter vehicle. First success—
ful telemetered flutter records were obtained with this type of
vehicle, The bombs have been released at varions altitudes up to
35,000 feet, and are accelerated by graviby to attaln a Mach number
from about 1.0 to 1.3. A sample record is given in another fligure. -

Figurs 6 shows the first telemetered record obtained from a
low—acceleration rocket test. This particular rocket carried
two 45° sweptback wings as shown in figure 4, ‘Flutter occurred at =
a Mach number of 0.67 in a syrmetrical mode. In spite of large ’
flutter emplitudes, however, cnme wing appecrently did not break off.
It may be of interest to mention that the ratio of flutter
frequency to the wing torsicnal freguency was 0.55.

Pigure 7 shows a telemetered record from a free-fall bomb
vehicle carrying two 45° sweptback wings. (See reference 6.)
Bending and torsion strain on one wing and torsion on the other
are recorded. (Four channels were used in this case; 1t 1s
expected to employ additional channels in some later tests.) This
flutter occurred at M = 0,92, one wing failed at once, the other
fluttered for another second or so subsequent to the first wing
failure before it too failed. The flutter frequency was 0.38 that
of wing torsion. ' '

A composite plot is shown in figure 8 of some of the wind—tumnel,
bomb, and rocket data for unswept uniform rectanguler wings of
various aspect ratios or rather semlspan-—chord ratics 1/c. The
ebscigse 1s the Mach number and the ordinate is the ratio of flutter
gpeed measured to flutter apeed calculated on the basls of two—
dimensional incompressible~flow considerations. The data shown are for
wings of several different mass ratios, elastic axes, and center—

- of<gravity locations, The full curve repregents theoretical (two— -
dimensional) calculations for mass ratio = 50 and center of
gravity and elastic sxes at 45 percont chord, The effect of Mach
number and of variation of the semispan—chord ratio 1/c is indicated
by the data. For 1/c from 3 to 6 there is only a small effect,

. while for % = 1 there 1s a fairly significant rise.
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It wlll be recalled that extrapolations from theoretical
conslderations based on subsonic and supersonic linearized theory
indicated that, for center—ci—gravity lccations forward of the
midchord, the design critical range is the near sonlc speed range.

b
(It was also shown that the particular quantity ——Em (nalf chord

" timeg torslonal fréquency divided by sound speed) plays an interesting
role as a basic nondimensional paramster, around which 1t appears
that convenient empirical rules can be developed.)

In general the data of figure 8 indicate that the transonic
range may be the deterulning factor in decliding the stiffness as
far as wing flutter is concerned. Other data will be published in
various NACA papers.

Figure 9 1s a plot against Mach number of the effect on the
flutter speed of rotating & uniform ( b inch X 4 inch) cantilever
wing in the wind tunnel, the sweepback being changed by rotating
the model mount, The problem of sweep brings into the flutter
analysis several new problems which have thus far been only lightly
touched upon by several workers. Taus, tiwere 1s the problem of
the modes of vibration, in perticular for a curved or bent back
elagtic axils, involving a groater degres of coupling between bending
end torsion, and therse is the aerodynamic coupling In the finite-
span problem,

It perhaps should be mentioned that for an infinite uniform
yawed wing (yawed at an angle not near 90°) two—dimensional low-—
speed considerations indicate that the flutter speed increases as
one over the cosine of the angle of sweep. However, the ccomblned
effects of the elastic and aerodynamic coupling, together with the
finite—span problem, apparently result in no such favorable increase.
In general it appears that up to 30° sweep thers 1s only a very
small increase in the flutter speed.

The rocket—data poinmts (fig. 9) are for built—in 45° swept wings
{of length 27 inches along the leading edge and chord 12 inches
normal to the leading edge). - The free-fall-bomb—data points are
for a wing of dimensions 28 inches along the leading edge and
8 inches normal to leeding edge. It may be seen thet for 45° angle
of sweep the wind-tunnel, rocket, and bomb data are in failr
agreement

Some eoffects have been found to be due to the manner in which
the root was built in or the tip cut off; also models with large
length to chord ratio tend to introduce higher mode effects leading
to erratic sweep effects for low angles of sweep as in this figure.
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Figure 10 shows soms offects of sweep for models which hed the
geme section perallsl to the airstresm (sheared hack) and the same
span normal to the alrstream; that is the aspect ratio was kept
constant. The lower curve gives the measured torsional frequency
as a function of the sweep angle, Dimensicnal considerations -
indicate that this frequency should be constant (except for tip
end root effects) for the shearedéback uniform wing and the data
bear this out.

: The flutter speed alsc arpears to be relatively const&nt
though there is appreciable scatter, The data thus indicate that
the flutter speed of & sweptback homogeneous wing (sheared back in
the manner described) tg5 about the same as the wing without sweep.
The Mach number at flutter end the flutter frequency for the test
points ave also shown in the figure. '

Tirwo 11 p*"es "one‘results of an *nvestigation on the
affect of concontratei weiznts on the flutter of a cantilever wing.
The invest*gation includes aingle and multiple weights, and the nass
and its moments of insrija are varied, as well as the spanwise and
cordwise positions i conjunchion with uniform, tapered and swept—
back wings. The figure is, however, for a uniform unswept cantilever

(% n‘é)' and for a single weight 93 percent of wing weight (reference 7).

(The mass of ‘the weight was conghant for these tests but the polar
moment cf inertia about the elastic axis of the wing veried with the
_chiordwize location.) The abscigsa of the chart 1s the location of
the welght along the span. The ordinate is the flutter speed
megaured with the we*ght on divided by the flutter speed without
the weight (wing alone).  Each curve is drawn for a single cherdwise
location of the weight; the center of gravity location of the
welght is sketched in the figure. (

~It 1s noted that the veayward location of the welght lowered
the flutter speed while the forward location raised the flutter
speed,. (There is a small decrease for the near inboerd positions
in all cases.) For the most forward chordwise location there was a
rangs of span positions at which no flutter occurred below the.
divergence speed of the wing. However, with the weight at a tip
location in this casé a higher—frequency type flutter did occur. '
This effect probably devwends on the zero alrspeed frequency
spectrum and hence is probably different as the aspect ratio of
a given wing is changed.

The test data in this single chart corresponds to well over
100 flutter tests taken at Mach numbers around 0.3 to 0.%. A
similar series of tests for the weight location near the wing
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center of gravity has been run for Mach numbers up to 0.7 and showed
the same trends as indicated in the figure.

Theoretical calculations for the flutter speed have been made
for the case in which the chordwise location of the weight 1s near
the elastic axis. The uncoupled modes were used in these calculations,
and theory compared well with the experimental results. For weight
locations far from the elastic axis however higher mcdes or coupled
modes are probably required. An extension of the treatment of
Goland and Luke (reference 8) .for the work is being examined. Results
of these calculations are not yet available.

The quantitative correlation of theory and experiment is the
goal of this study. These data provide an opportunity for such a
quantitative check and should prove useful in evaluating the degree
of reflinements necessary in both the elestic and aerodynamic parts
of the theory in order to keep each in step with the other.

A selection of results obtained at the Langley Laboratory are
presented here. Many things have been left unsald and many more
things have been left undone. Various recent aircraft company
reports on aercelastic problems exist to which gspecific reference
here 1s not feasiblse. It is hoped that information may be obtained
at high-speed conditiong for-the mixed subsgonic—supersonic types
of flow (for instance, on the effects of thick and thin sections,
of roundéd and sharp leading edges) to exsmine possible nonstationary
effects of detached and attached strong shocks. Also measurements of
asrodynamlic derivatives in the near sonic and supersonic speed ranges
require exacting experimental techniques and critical tests.

Thls talk has been only of potential flow or classical flutter.
It 1s also desirable to examine the separated flow types of insta—
bility which particularly at high speeds may be due to a variety of
causes. These instabilities may be associated with wide movements
of the center of pressure and with regular breaskaway and reattachment
of the flow, In addition there is the interaction of the asrodynamic
and elastlc forces in the clags of stability problems involving
control effectiveness and control reversal., The whole field of
aeroelasticity is pretty wide open and remains a challenging field
of inquiry.
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TRANSONIC FLUTTER OF CONTROL SURFACES
By Albert L. ckson

Ames Aeronautical Luboratory

S The one-degree~of-freedom type of transonic flutter 1s a new

- flutter problem encountered in the transonic range In additicn to the

- '¢lassical or two-or~more—degrees—of—freedom problem. It is intended

- In this paper to dlscuss only the cne—degree—of-freedum case, This
type of fluiter results from some form of time delay. This time delay
has been explained as being caused by ceparation resulting from the
' shock front across the wing. In the case of separation, flutter can
be explzined as being due to the periodic dreskaway and reattachment of
the flow about the airfoll, an effect similar to that which can be
obtalned et low speed on staJled airfoils due to high angle of attack
or excessive thickness. It has also been considered, however, that. due
to the high welocities over the airfoll, changss in the hinge mcment
could be retarded during flutter so that an unstable condition might
“exist even without separated flow., Of course, in the actual cass
separation generally does occur; and it has been found that as separa—
~ tion becomes more severe the flutter becomes lees violent in that the
‘amplitude dccreases. It should be noted that the ons—degree—of-{reedom
type of flutter cannot be prevented by eany of the standard flutter
prevention mesthods which involve the uncoupling of mechanical movements.
If the flutter is due to a time delay which does not necesssrlly involve
seperations, elimination of the acrodynamic force does not appear to be
very feaaible, Therefore, the solution of firet importance involves
the determining of the flutter frequency to be expected with any given

system.

: "By use of the avallable experimental data, an empirical solution

has been developed which appears to have sufficient merit to be of

practical use, The problem 1nvolved’has been set up in its simplest

form and is shown in these first equations (fig. 1). The first equa—

tion 1s the simple one—degree—of-freedom equation with all the mechan—

ical forces on the left side and the merodynsmic force shown as & -
singls resultant on the right side. The solution .of the equation used

‘méikes 1t necessary to determine the flutter frequency, a phase engle,

" and "thé magnitude of the hingse moment. With this equation the condi-

tions for Instability can be easily shown., In order tg determine the
{flutter frequency some measure of the time lag is necessary. The basic
- perameter selected for indicating the time lag has been called, the .
- aérodynamic frequency and is based on the distance from the wing trailing
" ““edge to the minimm pressure point and on an assumed average velocity
' dtstridution after the shock which goes from slightly below a Mach
© Tignbe¥ of 1 'to free—streai vélocity at the trailing edge. . The equation
" then takes this form (fig. 1) with the constant K experimentally deter—
mined. The parameter was selected on the basis that impulses or changes
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at the tralling edge could not get through the shock front outside of
the boundary leyer; this assumptlion 1s sudbstantiated by steady—-state
results which show that deflections of a control have litile effect on
the flow in front of a shock wave. Therefore, the parameter appears to
be & reasonable one in determining time lags, The type of analysis used
asgumes that the actual phase angle would be a direct function of the
difference tetwsen the aerodynamic period and the fiutter period which
is the basis of this anproximete phase-engle equation. The constant in
the aerodyne mic freousncy parameter wasz determined for the most part
from the resuits of one test and then checked against all other available
data., In the basic test the phagse angle for several condltions of
flutter was determined by use of a shadowgraph system of visualizing
shock and aileron motion. Figure 2 shows the type of shock pictures

. obtained. It was possible by analyzing a large number of these plctures
. to obtain the phase relationships as shown in figure 3. It was then
agsumed that, inasmuch as the time delays of pressure propagations

would be greatest in moving from the trailing edge to the shock and

much less when moving from the shock to the trailing edge, the phase
relationship of the shock motion as shown must be an indication of the
phase relationship of the hinge moment on the aileron. It was this

type of information, obtained from a seriles of tests (table I),that vas
used actually to check the phase—angle equation. By use of the computed
phase angle and the lmown mechanlcal parameters 1t was found that the
dynamic resultant hinge-moment slope was the seme as the static hinge-—

" moment slope. Therefore, the magnitude of the dynamic hinge moment can
be estimated from static data until more exact solutions are obtailned.
These results also show that increasing the separation causes a decreased
flutter amplitude as wag previously mentioned.

"The equations developed have been checked for general correctness
as to predicting flutter frequenciles on six different models as chown in
teble II. Tt is believed that the wide range of frequencies involved
makes the check quite reliable. It 1s interesting to note that the wing
with the NA“A 0012-64 section had internal aerodynamic balance and this
balance was very effective in helping to prevent flutter, it being
necessary to go to a Mach number of 0.875 to get any indication of
Plutter at all; and even then the flutter was not of a dangerous nature
gince & very small emount of damping such as might be In an ordinary
control system would have stopped the flutter. (See teble II.) The
Larigley Laboratory obtalned the flutter of the control-surface type on
the sweptback wing during rocket-propelled tests. Figure L shows the
type wing and airfoil gecticns involved.- The aerodynamic frequency was
computed by use of the airfoll normal to the leading edge. The flutter
range to be expected, as ghown in table II, was found to be from 73 to
109 cycles per second. The actual test results shown in figure 5 show
that the flutter range was from ebout 90 to 115 cycles per second, It
15 not ‘believed that this one test ig sufficlent evidence to warrant the
general use of the equations for sweptback-wing analysis, although it



e

91

is important to note that the sweephack merely delays the onset of
flutter to Mach numbers dbOVe 1 in tals case,

In order to explore and to unde“stand fw~ther the one—degree—of—
freedom traneonic flutter, instantaneous pressure cells were 1nstalled
on a test wing and the pressures were measured at several flutter’

" Prequencles. Figure 6§ shows the type of pressure record obtained. The

notations on the records indicate the position of the cell in percent
chord and vhether 1t is top or bottom surface. An oil damper was inserted
in the system to control the amplitude, the damping force being measured
by a strain gage. One cell shows a square-wave effect. It was found
upon investigation that the shock wave passes over this cell and results
in the very sharp changes. From these records, pressure-distribution
changes at various points through the cycle weré plotted as shown in
figure 7. By following these records through a cycle it ds possible to
see the propagation of the pressure waves with time. -The dotted lines
indicate the lower surface and the sclid lines,the upper. By use of

the part of. these plots over the aileron it was pogsible to integrate
and to determine the instantaneous hinge moments due to the upper surface

-and thé lower surface Independently along with the resultant hinge
moment as 1s shown in figure 8. This figure shows the instantaneous

alleron angle plotted against the instantaneocus hinge moment, the time

. lag ceausing the hysteresis effect. The area of this figure is a measure

of the energy e¢xpended 1 in overcoming the mechanical Porces. The greater
the time lag, the more open the figure becomes. It may be seen that
subsonic flow ig probebly induced on the lower surface as the aileron
goes down, that the lag effect disappears, and that no work ls done.

The upper surface shows a similar effect in that the energy loop becomes
less open when the alleron is in the upper positlon. Other curves of
thls same nature have actually shown that at ths lower Mach numbers or
at lower angles of attack a certain amount of damping due to the lower
swrface occuras in this region. By using the meximm amplitudes measured
and by setting the areas of these loops equal to the area of the elllpse
that would do the same amount of work, the phase anzles noted are
determined. It is interesting to note that when the upper and lower
surfaces are combined into the total hinge moment the result is a falrly
uniform figure approaching closely the pure elliptic form. In the final
plot the alleron motion and total hinge moment are plotted as a function
of time to show the relative purity of the wave chapes. Genecrally

" gpeaking, 1t has béen found that the relationships suggested by the

empirical solution are in reasonable agreecment with the results of the
pressure tests. It hag been indicated, however, that the actual lower—
flutter frequency may be slightly less than that predicted by the
Present solution, although the exact lower limit is difficult to deter—

mine.

,

"' In céenclugion it can be gald that en empirical method has been

‘developed that can be used to predict the flutter-frequency range, and
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by knowing the mechanical characterlstics of the control and the static
hinge-moments the possibility of flutter cccurring can be computed,
Furthermore, there is as yet no indicaetion that airfoil section can in
itself have any effect in preventing flutter except that it should
control the possible flutter—frequency range. It is also evident that
inasmuch as static hinge moments are a measure of the dymamic hinge
‘moments, internal aerodynamic balance can be sufﬁcient to prevent a
serious one—deg'ee—ofwfreedom flutter problem.
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TABLE. I.
SUMMARY OF SHADOWGRAPH RESULTS

AILERON PHASE FREQUENGCY MAX

MOTION, DIFF, t HINGE
CONFIGURATION TOTAL L (cps) MOMENT

(DEG.) (DEG.) Ho

(FT.- LBS)
STANDARD 18.4 67 21.2 1500
SPOILERS AT 0.50¢ 6.6 7 19.5 360
BUMPS AT 0.50c¢ 18.6 L1 21.2 1362
BUMPS AT 0.70¢ 9 54 19.4 570
TAPERED BUMP 16.0 23 20.8 1030
TABLE I

SUMMARY OF FLUTTER RESULTS

pg——

AIRFOIL RELATIVE | CHORD | COMPUTED | ACTUAL
SECTION RESTRAINT | INCHES | FLUTTER | FLUTTER
CONDITION FREQUENCY|FREQUENCY
65, - 213
A FIXED 56 24 TO 32 28, 32
65, - 213
s FREE 56 15 TO 24 15 TO 25
4412 FIXED 6 240 250
SYMETRICAL
Do A L WEDGE RESONANT 8 102 100
0012 - 64
EXTENDED TRAILING FREE 55 12 TO 18 {15.6 TO 17.3
EDGE, 10.7% THICK
0012 - 64
EXTENDED TRAILING FIXED 55 18 TO 24 23
EDGE, 10. 7% THICK
66 - 2X - 216 FREE 65 18 TO 27 20
a+ 0.6
65 - 010 FREE 10 T
45° SWEPT WING R 72 TO109 | 90 To 120




Erickson

I 8 + C8;+ Km8g=Hp sinut

8a = 8g, SIN (ut-¢)

$= (I —-ff—) 360°
a

Figure 1.- Equations used in the empirical solution of transonic
control surface flutter
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= HARMONIC APPROXIMATION

-8 N o TEST DATA, FIRST CYCLE
o TEST DATA, SECOND CYCLE
Ar o TEST DATA, THIRD CYCLE
RELATIVE | AILERON FLUTTER
AILERON I e
MOTION, o ol ng 03 % 08 .08 CENTERED ABOUT -3
DEGREES ) TIME,\SECON ~ T
/ FREQUENGY
f=5= 21.2 C.PS.
-8 o 2 \‘AJ .+
.7‘ -
| PHASE DIFFERENGCE
72 . i o = 0.0087 SEC.=67°
. I—i H
SHOCK ° Q) l J \ 7
1 N .
POSITION, .68 5 0% 04 08/ 06 “Naga -
= TIME\ SECONDS
.84 | J/
Kk"/l
80 t }

Figure 3.~ Relative shock and aileron motion as a functjon of time.
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L CENTER LINE OF MODEL
Figure 4.1.- Plan form of sweptback flutter model.
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Figure 5.- Flutter results obtained with a sweptback wing.
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Figure 6.- Typical records obtained with instantaneous
pressure recorders.

Qa2



AILERON ANGLE 05°

Figure 7.- Pressure-distribution changes at various points through
a cycle.

UPPER SURFACE LOWER SURFACE
PHASE OIFFERENCE 41.4° PHASE DIFFERENCE 5.3°

_' HINGE | _ HINGE
MOMENT \L\) MOMENT

~ AILERON ANGLE + - AILERON ANGLE +

UPPER AND LOWER SURFACES UPPER AND LOWER SURFACES
COMBINED — PHASE DIFFERENCE [9* COMBINED AS A FUNCTION OF TIME
HINGE MOMENT
AILERON AN67
. +
HINGE N HINGE MOMENT 2
MOMENT AND -
g AILERON ANGLE
S -
x —
Q
-
fo
23]
- AILERON ANGLE + TIME ———»

1

Figure 8.- Hinge-moment results obtained by the use of instantaneous
pressure cells.
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PREDICTION OF THE AERODYNAMIC CHARACTERISTICS
OF WINGS OF ARBITRARY PLAN FORM
By Victor I. Stevens

Ames Aeronautical Laboratory

In our present effort to fly in and through the transonic-speed
range we have resorted to widely diversified plan forms. ' Ranges of
sweep, aspect ratio, and taper retio are being considered which
extend far teyond those considered practical several years ago, and
the effect of wide variations in these paramcters on the subsonic
aerodynamic characteristics of wings is ag yet largely unknown.

The multiplicity of possible plan forms precludes en investlgation
of each experimentally. As a result, congidersble effort has been
directed towards developing a theoretical method of predicting the
loading over the wing since, once this loading has been determined,
not only can structural loads be estimated but values of the various
aerodynamic-characteristics such as lift-curve slope, aerodynamic-
center location, and induced drag can also be found. The investi-

- gation of several theoretical methods for the prediction of loading
and the application of one of these methods to s wide range of plan
forms is the subject of this paper. :

The theoretical methods studied were those developed by Falkner,
by Mutterperl, and by Weissinger. In each of these methods the wing
is replaced by a diatribution of vortices. The strength distribu-
tion of these vortices is fixed by the boundary condition which
requires that the induced velocities of these vortices produce no
flow through the plane of the wing. The difference among the methods
lies in differences in physical location of the vortices, in the
disposition of the control points where the boundary condition ig
applied, and in the mathematical manipulation. Figure 1 comperes
the layout of vortices snd control points for the methods. Falkmer
replaced the wing with a distribution of finite horseschoce vortices,
both spenwise and chordwise. He likewise distributed the control
pointa both spanwise and chordwise, hence his method 1s clagsified

as a lifting-surface method. As a result of hls work Falknmer has
recommended a particular vortex and control point distribution which
wes followed in our studies. In contrast to the Falkner lifting-
surface method, both the Weissinger and the Mutterperl methods are
lifting-line methods; that 1s, the loeding i3 concentrated on the
quarter-chord line, and the control points are distributed along the
three-quarter-chord line. The Weissinger and Mutterperl methods
differ in the spanwise location of the control polnts and in the
mathematical development. o
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Van Dorn and DeYoung have examined each of these methods for
accuracy and ease of application (reference 1). The accuracy was
evaluated by comparing the predicted and the experimentally deter-
mined aerodynamic characteristics of five wings having sweep angles
renging from -45° to 459, By keeping an account of the time required,
each method was also evaluated with regerd to eese of application.
The results of this study are shown in figure 1. From a comparison
of the predicted and experimental values of spanwise loading, 1ift-
curve slope, end spanwige center of pressure, the Falkmer method
wag Judged to be very sccurate and the Welssinger method only
slightly less accurate. The Mutterperl method, while predicting
with moderate accuracy the characteristics of the sweptback wings,
d1d not give accuracy comparsble to other methods in the case of
the sweptforward wings. The time required per solution was least
for the Weiseinger method (3 hr). In contrast 28 hours wes required
per solution for the Mutterperl method and 30 hours for the Falkner
method.

On the basis of these results 1t wes concluded that for a
detailed study of a given plan form, where a high degree of sccuracy
was deaired and where ease of application assumed lesser importance,
the Falkne: method was best. However, for a general study of a
variety of plan forms the Weissinger metinod appeared test suited
since good accuracy could be had at a 90 percent saving in computing
time.

Accordingly we have utilized the Weissinger method to investi-
gate the loading and associated aerodynamic characteristics of a wide
range of plan forms. Figure 2 pictures the range covered but does
not indicate the number of plen forms considersd. Actuelly the
characteristics of about 200 wings were calculated. The general
range of variables included sweep from 45° forwsrd to FO° back.
aspect ratios from 1.5 to 8 .0,and taper vratlos from O to 1.5, The
structural feasibility of the various shapes wes used as a rough
gulde in selecting the limiting values of the geometric parameters.

The results of this investigetion are found in reference 2.
Charts presented in this reference allow a rapid and simple deter-
mination of the most important aerodynamic charercterigtics of any
ving having a plan form falling within the range of this study. .
Aerodynamic characteristics which cen be read directly from these
charts include the span-loading coefficients, spanwise center of
pregsure, lift-curve slope, and sercdynemic center. These parameters
are given as a function of sweep for families of aspect ratio and
for various taper ratios. Sufficlent values of aspect ratio and
taper ratio were chosen to allow rapid and accurate interpelation.
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Sample charts taken from reference 2 are shown in flgure 3. For
the sake of clarity in this presentation, the data shown have been
limited to one taper ratio, to a few aspect ratios, and, in the case
of spanwise loading, to one spanwise station. In the reference paper, of
course, data are given for a complete range of these geometric
parameters. The simplicity of obtaining the desired characteristics
is obvious. The chart showing the characteristics is entered at the
proper value of sweep of the quarter-chord line and the desired
value of the characteristics obtained directly. In this manner it
is ‘possible to obtain the wing-loading coefficient at four spanwise
stations, the lift-curve slope, the spanwise center of pressure, and
the aercdynamic center. Aerodynsmic characteristics obtained from
thege charts have been correlated with experimental results, and in
general the agreement is good. ' Strictly speaking, the method applies
only at zero lift. However since the aerodynemic charscteristics
are in general linear up to angles of att~clk where separrtion
occurs, the theoretically predicted cheractevistics can be used with
good accuracy up to this point. Specific correlations of 1ift-
curve glope and asrodynamic center measured at zero 1ift will be
discussed later.

- Most of the qualitative effects of sweep 3nd taper ratio on
span loading are not new and hence will not be discussed in this
paper. Hewever, one of the most interesting results of thls Investi-
gation showed that, for each angle of sweep there 1s a taper ratio
for which aspect ratio has little effect on the span loading and
for which the span loading is practically elliptical. This relation-
ship is shown in figure 4. As the wing 1s swept forward more inverse
taper 1s required, and as the wing is swept back more of the usual
type of taper 1s required. Because of the elliptic loading, minimum
induced drag and maximum lift-curve slope are obtalned for wings on
this line. For plan forms falling on this line, aspect ratio had no
effect on the loading. For plan forms above the line 6 loading moves
outboard with Iincreasing aspect retio,and, conversely, for plan
forms below the line, loading moves inboard with increasing aspect
ratio.

_ .. .Two of the characteristics found divectly from the Weissinger
method, lift-curve slope and aerodynamic center, are of particular
value because of their importence in longitudinal stability enslysis
and design. Since they are so important the accuracy with which the
Welssinger method predicts these cheracterigtics end the effects of
plan form on these characteristics as predicted by the Welssinger
method should be examined. - o . . :

-
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In figurs 5 the theoretical and expe:imental values of 1ift-
curve slope are correlated for a number of random plan forms. Where
sufficient clearance between points existed,; the wing plan forms
hsve been superimposed. Included in this correletion ere triangular
wings, highly sweptback wings, sweptforward wings, and wings with
inverse teper. Most of the experimental data were “taken from refer-
ence 3 snd the remminder from other American papers. Deviation from
the L45° line indicates the error of correlation. On the average,
this deviation is less than 3 percent. Although not shown herein,
we have also compared the lift-curve slopes of unswept wings as
estimated by the Weissinger method ~nd by the method employing the
nodified Jones' edge-velocity co“rection and the ﬁgreement is
nearly pevfect. .

A similar corvelation for aerodynamic center ig given in
figuwre 6. Experiment and theory do not show as good agreement for
this parameter as for the lift-curve slope. Taere is no clear
systematic variation in the correlation with plan form,and most of
the discrerancies in correlation are of the order of the accuracy
with which the aercdynemic center usually c2n e determined ty experd -
ment. In any event, for 75 percent of the plan forms the dizcrepancy
is less than 2 nercent of the M.A.C.., which discrepancy is small
compared to the effects of plen form. It is our belief that the
Weissinger method gives both lift-curve slope and aerodynamic center
with sufficient accuracy for use in preliminary design studies.

Sample charts of 1lift-curve slope are shown in figure 7. Lift-
curve slope is given as a function of sweep for taper retios of O,
0.5, and 1.5 and for espect ratios of 1.5, 3.5, &, and ®. Meny of
the curves have again been omitted for clarity. The curve for
infinite aspect ratio in each case is obteined from simple sweep
theory and hence is a cosine curve. Note that in esch case the ,
effect of aspect ratio falls off with increase in sweep. Also note
that for low aspect ratios, small angles of sweep have little effect
on lift-curve slope. As the wing approaches & more polnted plan
form, the lift-curve slope increases on sweptbaclk wings and decreases
on sweptforward wings, while inverse taper reduces lift-curve slope
on sweptback wings and increases 1t on sweptforwerd wings. On highly
swept wings this effect is of such megnitude that taper ratio exerts
as great an influence on lift-curve slope as does aspect ratio, Thus
in any theoretical ~pproach the importence of including the effects
of taper ratio is obvious.

Figure € presents sample charts of the aerodymemic center which
1s also plotted as a function of sweep for taper ratios of 0, 0.5,
and 1.5 and for aspect ratios of 1. 5, 3.5, and ®.0. For the plan
forms investipgeted, the aerodynamic- centel location renged from as
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far forvard as 15 percent of the M.A.C. to 2s far back as 40 percent
of the M,A.C. In contrast, the aerodynamic center on unswept wings

is seldom more than 2 or 3 percent of the M.A.C. from the 25 percent
M.A.C. point. On highly tapered wings sweepback moves the aerody-
namic center rearvard and sweepforward moves it forwerd. As taper 1s
decreased, the trend is reversed so that, on wings having inverse
taper, sweepback moves the serodynamic center forward while sweep-
forward moves the eerodynamic center back. The magnitude of this
movement in each case is generally increased by increase in aspect
ratio. '

As steted earlier, lift-curve slope and aerodynamic-center
location are important in longitudinal stability analysis. That the
Welgsinger method can predict values of these characteristics with
sufficient accuracy for preliminary-design has been shown. One other
parameter must however be evaluated to complete the longitudinal
stability analysis, and that parameter is the downwash in the loca-
tion of the tail. The Welseinger method can readily be extended to
compute downwash in the plane of the vortex sheet. We ars at present
evaluating the accuracy of the dowvnwash results obtained in this
menner by checking them with experimental date. Preliminary results
of such an evaluation are given in figure 9. The maximum downwash
angles as predicted and measured in a vertical, plane approximately
30 percent of wing semispan out from the plan of symmetry are shown
as a function of angle of attack for five swept wings tested in the
Ames 40- by 80-foot tunnel. For these wings, theory predicts the
variation of downwash with angle of attack within 20 percent of the
measured value. Insufficient comparisons have been made to date,
however, to warrant generalizations as to the accuracy of this method
for a wide range of plan forms. In our present investigation we
" plan to establish this accuracy, improve the method where possible,
and then extend the method so that downwash mey be determined at
points above and below the vortex sheet.-

All the results obtained through use of the Welasinger method
apply only to incompressidle flow. However, through an application
of the Prandtl-Glauert rule, it is possible to account for the effects
of compressibility on span-loading characteristics for speeds below
the critical speed. The method, which has been summarized in some
detail in reference L, translates the effect of compressibility into
an effective change in plan form in addition to the well-known
increase in section pregsures.

It is apparent that, i1f such an approech serves to predict

. accurately the effects of campressibility, it can bde used in con-
Jjunction with the subject paper to give a rapid estimation of the
characteristics of wings throughout the Mach number range below the

R
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critical speed. At each Mach numbe:r the geometry of the wing would
simply be distorted in the proper mamner and new characteristics
obtained from the charts. Only a few random experimentel checks of
this procedure have been made, but these comparisons have indicated
moderately good agreement between theory end experiment. It 1s our
plan to continue this study t6 establish the accurscy of the method,
and, if necegsary, search for means of improving the accuracy. :
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CURRENT STATUS OF LONGITUDINAL STABILITY
'By Charles J. Donlan

lengley Memorial Aerocnautical Laboratory

INTRODUCTTON

The purpose of this paper is to focus attention on some recent
investigations that have been concermed with longitudinal stability
problems both at high speeds and at low speeds and to summarize briefly
the current state of affairs in regard to these problems. '

. HIGH~SPEED PROBLEMS

Static Sta.'bility‘ and Control

Recent investigations.— A number of longitudinal stability
investigations of various airplene configurations have been conducted
 at high subsonic Mach mumbers in the Committee's high-speed wind tunnels

_end at transonic Mach numbers up to 1.2 utilizing the NACA wing-flow
method and the associated wind-tumnel transonic-bump technique. Thesse
. 4nvestigations are contained in references 1 to 15, and some of the .-

configurations investigated together with the Mach number range for
which data are available are summarized in figure 1.

. For the tallless configuration (a), lLangley high-speed 7— by
10-foot tunnel data for a sting supported model and for a semispan
model exist up to a Mach number of 0.95, and wing-flow data are -
available up to a Mach number of 1.20. The three sets of data ere
in general qualitative agreement, although the increase in the lift-
.curve slope with Mach number was somewhat more rapid for the sting-
supported tunnsl model than for the semispan tunnel model and semispan
wing-flow model. B :

. .. ..Configuration (b) wes investigated.as a semispan wing-flow model
and was also tested on a transonic bump in the Lengley high-—spsed 7-— by
10—~ foct tunnel, This model 1s simtlar to the X3-1 modsl for which
Langley 8-foot high-speed tunnel data are available to a Mach number
of 0.92. The agreemsnt between the data obtained by the wing-flow
method and the transonic-bump method wag satisfactory throughout most
of the Mach number range, - ‘ :

_* Motel (d) wes similer to model (b) except for the swept tail. Tt

o
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Model (c) was investigated on the transonic bump, model (e) as a
semispen model in the Ames 16-foot tunnel, and mcdel (f) was investigated
as & sting-supported model in the Langley "8 foot high—speed tunnel.

Degpite the fact tha.t most of the results evailable thus far ars

-limi'bed to relatively few configurations, 1t 1s interesting to observe

in the data certain trends in regard to the manner in which stability
and trim changes with Mach numbér are manifested.

Characteristic data.= Data representative of the variation of
pitching-moment coefficient with 1ift coefficient for several Mach
numbers for a stralght-wing design are shown in figure 2, Although.
these data apply to the design indicated, similar trends in the data
for other straight-wing designs have been observed. The data at M = 0.6
are typlcal of the behavior before force break, and some commentsg
regarding the predicability of the chara.cteristics in this range 1is
probably nertinent at this point,. ‘

The important cha.nges in longitudinal stability for straight-wing
designs at high Mach numbers are, of course, not indicated by formules
baged on linear-perturbation theory. Such formulas, however, are useful
in interpreting experimental trends at subcritical Mach numbers. In

~ consideration of the Mach number effects on a wing and tail combination,

the trends indicated by the theory may be divided into three categories:
él) direct changes in the position of the wing asrodynemic center,

2) changes in the downwash at the tail, and (3) disproportionate changes
in the lift—cwrve slopes of the wing and tail resulting from the differ—
ences 1n aspect ratio, For a flat elliptic wing of sspect ratio &4,
theory indicates a forward shift of the aerodynamic center of only a.bout
1.4 percent at a Mach number of 0.8 (reference 16), However, forward
shifts of the aerodynamic center of 5 percent or more have been obtained
experimentally on stralght wings at high Mach numbers particularly
for those employing sections haeving large trailing-edge angles. At

- the present time, therofore, it appears that the changes in wing

a.erodynamic-center position with Mach number musgt be determined experi~-
mentally even at subcritical speeds. A limited amount of German data
has Indicated that this effect is minimized for emall trailing-edge angles.

-The theoriss regarding the change in downwesh characteristics at

’the te.il end the change in the lift—curve slopes of the wing and tail

with Mach mumber, however, appear. to agree fairly well with experiment
at subcritical Mach numbers (references 17 and 18), These two effsctas
have indicated forward shifts in the neutral point of the order of

5 percent in some cases, At Mach numbers approaching that of force
breek and at aupercritica.l Mach nmbers, recourse must be made to

. experimen‘b .
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K Marked changes in the va.riation of the basic. wing-fuselage pitchins
mcment with 11ft-coefficient 1s appsrent at & Mach number of 0. 905
and 0,933, and the appearence of flat spots in ths resultent pftching-
moment curve in the lower 1lift range is somewhat cheracteristic for this
type of design at supercriticel speeds. In many instences local reversals
in slope have been encountered, particularly for different sfabdilizer
and elevator settings,. The nonparallelism of the pltching-moment curves
4in this rangs for the different stabilizer settings is significant and
evidences the nonlinsar contribution of the tail to stability. Conse—
 quently, in evaluating the stability characteristics of a design possessing
- nonlinearities of this kind, it is eseentlal, of course, to consider
conditions a% tail settings in the vicinity of trim et -the particular 1lift
coefficient in question and also the lift—coefficient ra.nge over which the

v 'non.lima.rities extend,

~ - . Simjlar data for a sweptback tailless configuretion are shown in
figure 3. The data for M = 0,7 &nd 0.95 were obtained from Langley
_,,.high-epeed T- by 10-foot tunnel tests of a semispan model. The data
. for M = 1,00 were obtained from wing-flow tests of a smaller. modsl.
The increased slope of the pitching-moment curves at the higher Mach
. numbers is again evident. At M = 0,95 the control effectiveriess
has been considerably reduced apd’ appreciable trim changes occur, but
- "the vicious changes in stability that are frequently manifested 'by :
straight-wing designs at supercritical gpeeds are absent,

'The effect that sweepback can have on delaying the Mach- mmber

at vhich significant trim changes and stability changes are manifested
1s further illustrated in figure 4. The straight-wing design and ths
tailless design are the configurations for which typical data have
been presented (figs. 2 and 3). The model with a 45 swept wing and
tail was an arbitrary configuration investigated on the transonic dump.
In eva.lua.ting the control settings required for trim at the various Mach
Aumbers , approprtate f1light plans at’ altitude were sgsumed for each
configuration, It 1s interesting to note the ménner in vhich the
initial trim changes have been postponed to higher Mach numbers for the
swept configurations and in particular the extremely emall trim changes
associated with the 45° configuration, Above their respective critical
_8peeds, both the straight-wing clesign and the taillless configuration
- menifested irregulay trim changes, ~It.is deairable to keep trim changes
as small as poasible, although the amount of trim cha.nge that can safely
be tolerated depe (s to a considerable extent on the type of stability

asgociated with For the straight—wing configuration two boundaries
are presented for the pa.rameter -—B at ezmemritica.l speeds. - The

‘ower boundary 1s associated with tha locel flat spots in the ‘pitching-
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mment data 'previously d.iscussed (fig. 2) "These flat spots extended

over. a lift-coefficient range of less than 0.1 and are relatively-

imimportant for the! particular flight plan employed for this example,

- {nagmuch:as the minimm 1ift coefficient attaitied is about 0.2; The
~response of the airplane to-disturbances necessary to effect accelerations
of ‘the ordsr of 2 or 3 g's is probe.‘bly more nearly associated with

gome ‘value between the two boundaries . S meLt

For the 35° ewept d.esisn, thie parameter 18 more precisely
- determinable and does not change appreciably up to a Mach number

of 0,88, although it also 1ncreases rather rapidly at the higher super—
critica.l Mach numbere. oo _ S . _

For the 450 gwept configuration, cha.ngee in the parameter have
been delayed until a Mach number of a'bout 0,95 has been reached and
then —@‘C-‘?DM 1ncreases rather gradually ' This ccmparieon illustrates
the need for employing a. la..‘rga d.egree of sweep'back if trim and sta'bility
cha.nges in the tranaonic rogion are to be minimized. - ]

. Two factors greatly a.ffecting the va.lue of Gcm\ are the wing-

fuaelago—aerodyna.mio—center posit:lon and the downwash at the ta.il
The manner in which these factors changed with Mach number for ‘ths
straight-wing deeign and the 45° swept design.are shown in figure 5

aerodynando—center poeition denoted by -. tall for the -
‘ ':‘straight-wing d.esign is innned.iately apparent, and ’chis variation is"
reflected in the behavior of the tail-on results, although the magnitude

The large va.ria.tions in t 7 loca.l POSitiODOf the ij—fuselage-
off

-~ .of the . fluctuations has been decreased becauge of the increased tail

Eo s

effectiveness effected by the reduction in 40 at the tall at the
: L - :
. supercritical Mach mzm‘bers. - S

For the . R swept. gonfiguration, the wing—fulselage-—eerodyna.mic- .
CS& position varied only & small amount, and the Increase in

(tail on) at the higher Mach number was largely due to the ™

Increased tail effectiveness ca.\zsed. by the reduction in downwash slope
at the tail
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The paramester (acm)M also influences to some extent the. frequency

of the short-periocd longitudinal oscilletion. Some computations for

e few characteristic designs were made in order to observe the manner

in which this quantity affected the dypamic stability characteristics,
and the results of the computetions for a tailless design investigated are
presented in figure 6. It is immediately apparent that altitude has

. a pronounced effect on the period of the oscillation and that the

period becomes shorter as the smeed 1s increased. The perlod varies

in a somewha’c hyperbol*c menner with (_éC_m, go that for tho veluses
M
(?-c-B leBB than 0,05 ths period. will increase very rapidly, whereas

for values of - (;c;‘m greater than 0.15 the period will change only
L/

slightly. The importance of the frequency of the short-period oscillation

will probably have to awailt flight experience, inasmuch as it will depend

to same extent on the damping characteristics., It will be noted that.

while the damping, as evaluated by the number of seconds to damp

to 1/2 emplituvde, depends to a considerable extent on altitude and speed

it 1s mdependent of the parameter (% -» It is influenced significantly,
however, by the d.ampin.g in pitch and for airpla.nes with a tall the da.mping
will be more rapid than that indicated here. TFor a particular deslgn

the: ¢haracteristics of the short-period oscillation can be rapidly ’
evaluated inasmuch as one needs only to determine the roots of the second-
degree equation usually associated with this mode of the longitudinal
motion.

| LOW~SPEED PROBLEMS
- Gtetic Stadility in High Lift Range

..~ - One of the factors that has limited the amount of sweepback that :
can be beneficially employed on transonic designs has been the difficulty
of providing satisfactory. stability and control cha.ractaristics in

the landing condition,

Bagic wing-characteristics.- At 11ft coefficlents prior to that
at which separated flow ensuesg on the wing, the positicn of the aero— .
dynemic conter of the wing can be estimated falrly reliadbly, and
‘a paper entltled "Prediction of the Aerodynamic Characteristica of Wings
of Arbitmry Plan Fom by Victor I. Stevens dealing with thls sub,ject
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hag already been presented. The shift in the aerodynsmic—center
position that occurs at high 1lift coefficients 1s less amenable to
theoretical computations, and nmumerous experimental Investigations have

been concerned with this effect. From the data examined thus far it
appears that aspect ratic and aweep angle are etill the two most -
important factors that influence the type of pitching-moment variatlon

to be expected at the stall, The familiar manner in which sweep angle
and agpect ratio effect the character of the pitching-moment variation

at the stall 1s 1llustrated in figure 7, which 1s teken from reference 19.
Combinatlions of sweep and aspect ratio that fall gbove the line on the
figure have been found to yield the characterisiically unstable pitching-~
moment veriation indicated., Other factors such as airfoil section, wing
taper, Reymolds number, and surface roughness have been found to -
influence the lift coefficient at which instadbility is first manifested,
but the ultimate variation at that stall has gti1ll been found to be

consistent with that indicated on the figure

'While figuwre 7 reflscts the behavior of plain wings it has been
found that the addition of trailing-edge flaps hes resulted in'an
ungtable pitching-moment varlation even for wings felling in the stable
region on figure 7. A considerable number of investigations have
therefore been concerned with the development of devices designed to
alleviate the tip etalling that is responsible for this behavior
(refemnces 20 to 24).

Stall control devices.—~ At the present time gtall control devices
have been successfully applied to wings with leading-edge sweep angles
up to 420, Some of the results of an investigation (refersnces 20 and 21)
covering the effect of stall control devices on the pltching-moment
characteristics of a 42° sweptback wing equipped with a sgplit flap are
- shown in figure 8, This wing has an NACA 64 -112 gection end an aspect
retio of 4. This investigation wes conducted in the Langley 19-foot
pressure tumnel at a Reynolds number of about 6,840,000, The basic
wing-fuselage combinetion exhibited an unstable pitching-moment variation
at the stall., The addition of leading-edge flaps of the type indicated
covering about 60 percent of the span resulted in a stable break of the
pitching-moment curve at the atall, and this type of leading-edge device
was the most satisfactory tested. Similar effects were also cbtained

N . with a leading-edge slat arrangement which covered 60 percent of the

spen except for a small region of instability Jjust before chax This

unstable region was removed by the addition of a fence located at the
inboard end of the slot. This effect 1s somewhat typical of fence
behavior, If located properly, fences, in general, have been found
helpful in minimizing local unstable variations in the pitching—
moment curve up to the maxdmm 1ift coefficient but do not appreciebly
affect. the ultimate character of the pitching—moment variation at the

stall,
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Effect of fuselage.~ The percent span of leading-edge flap or slat
required to effect satisfactory pitching-moment behevior at the stall
depends gomewhat on the size of the fuselage to which the wing 1s
attached and,to a lesser extent,on the position of the wing on the
fuselage. The effect is 1llustrated in figure 9 (roference 21). The
configuration represented by 0.575 leeding-edge slots 1s the same wing
configuration discussed in figure 8 and the fuselage is seen
to have little effect on ths character of pitching-moment variation
at the stall, When the leading-edge flap span wes increased to 0.7253,

however, the wing-fuselage combination was wnstable at the stall,

whereas the wing alons still exhivited favorable characteristics. Similar
results wers obtained for a high— and low-wing arrangement. It appears
from tuft studies of these configurations that the flow over the fuselage
delays the stalling of the cemter section to such an extent that initial
separation again begen over the flapped portion of the wing.

Effect of tail location.~— Thus far we have discussed only the
characteristics of the basic wing—fuselage combination. The addition
of a tail adds further complications but, in general, 1t has been
found that stable behavior of the resultant pitching-moment at the stall
13 most likely to be achieved when the basic wing~fuselage pltching
moment exhibits a stable variation. The location of the tail, however,
is an important consideration and the effect of adding a tail to the wing-—
fuselage configuration with 0.575R leading-edge flaps and 0.50122 treiling—

~edge flaps is shown in figure 10 ?reference 22).

A gtudy of these data indicate that the most satisfactory pitching-—
moment behavior at the stall was actually achieved with the low tall
position by virtue of the decreased rate of change of downwash assoclated
with this tail location. This low position was close to the zdge of *he
wing wake, however, and may be obJjectionable from otner conaiderations.

The more desireble midtail location possessed a locel region of instability
Just before Crp,y which was removed by the eddition of a fence.

CONCLUSICNS

In recapitulation, the following generalizations can be made:

1. The incorporation of large amounte of sweepback on both the
wing and the horizontal tail has been found to Increase the Mach number
at which trim chsnges and stability changes are flrst manifested and
to greatly reduce the trim changes and stabllity changes encountersd
at supercritical speeds. C _ :
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2. Longitudinal stability in the landing condition has been attained

for conflgurations with gsweep angles of the order of 45° utilizing
various stall-control devices, but at the present time optimum arrangements

for these devices must be determined experimentally.
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EFFECTS OF SWEEP ON CONTROLS
I .— EFFECTIVENESS |
By John G. Lowry and Harold I. Johnson

Langley Memorial Aeronsutical Laboratory

INTRODUCTION

The design of controls 