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CHARACTERISTICS OF WING SECTIONS AT TRANSONIC SPEEDS
By John V. Becker

Langley Deronautical Laboratory
INTRODUCTION

The trangonic regime is presumed to begin with the first appearance
of a local region of supersonic flow near the airfoil surface and to end
when the flow field has become entirely supersonic. The development of
theory for transonic flows has been impeded by the coexistence of sub-—
sonic and supersonic flow regions and the presence of shock. Shock
boundary—layer interaction effects which exert a controlling influence
in the transonic region cannot be treated by rigorous theory. The major
part of existing knowledge of wing—section behavior at transonic speeds
1s therefore derived from experimental research, and any review of the
current status such ag the present one must depend largely on experimental
results.

FLOW CHANGES IN THE TRANSONIC REGIME

The progressive changes in flow pattern which occur in the transcnic
regime are illustrated schematically in figure 1. The diagram at the
upper left (M = 0.70) represents a condition slightly beyond the critical
Mach number (M at which sonic velocity is attained locally). A small
region of supersonic flow exists, usually terminated by shock. The
- possibility that local supersonic flows of this type can exist without
shock is a matter of considerable speculation. Theoretical studies have
indicated that shock-free flows 1n an ideal fluid are possible in certain
special cases. (See references 1 to 4, for example.) From the practical
standpoint, however, the important fact is that the presence of shock
does not have any seriously adverse effects on airfoil performance unless
it precipitates boundary—layer separation.

As the Mach number is increased, the shock moves rearward and the
local supersonic region expands rapidly. The rearward movement is
analogous to shock behavior in chamnels, which has been treated theoreti—
cally in reference 5. Shock—stall occurs (diagram for M = 0.90 in
fig. 1) when the adverse pressure gradient through the shock becomes
large enough to precipitate separation. Considerable compression of the
flow takes place ahead of the main shock (references 6 and 7) as a
consequence of thickening of the boundary layer. It is important to
note that shock—stall is basically a shock boundary-layer interaction
phenomenon and that there is no adequate method for predicting the shock—
stall Mach number. "Limiting" or "upper critical" Mach numbers predicted
by theories which do not consider shock boundary-layer interaction
(references 4 and 8) are at variance with experimental shock—stall Mach
numbers.
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Rearward movement of the shock continues at speeds beyond shock—
stall. When the shock nears the trailing edge, reattachment of the flow
takes place, accompanied by an increase in 1ift coefficient and pressure
drag. The flow over the airfoil surface is now predominantly supersonic
except for a region near the nose. (See diagram for M = 0.95 in fig. 1.)

The diagram for M = 1.05 in figure 1 indicates that the nature of
the flow at the airfoil surface is similar to that for M = 0.95. A bow
wave of weak intensity has appeared, marking the forward boundary of the
field of influence of the airfolil but having no first-order effect on
the airfoil characteristics. The transition from high subsonic to low
supersonic speeds has been the subject of recent theoretical studies by
Busemann and Guderley (references 9 to 12); no theoretical reasons have
been found to prohibit the existence of stable flows at and near sonic
velocity, and no abrupt or discontinucus changes in airfoil characteris—
tics are anticipated in traversing sonic velocity.

As the supersonic Mach number advances, the bow wave moves closer
to the airfoil nose with an attendant shrinking of the subsonic region
near the nose (sse diagram for M = 1.30 in fig. 1). For sharp—edge
sections the region of subsonic flow will disappear entirely at a speed
dependent on the angle through which the flow must be deviated (refer—
ences 13 and 14, for example). Guderley's theoretical work (reference 10)
leads to the conclusion that the process of bow—wave attachment is
entirely continuous.

Force data for wings throughout the transonic range of speeds have
been obtained by the "wing-flow" method both in flight (reference 15)
and in the wind tunnel (reference 16). Typical data (reference 16) for
a wing of aspect ratio 6.4 and NACA 65(112)—213 section are presented in

figure 2. The results are considered illustrative of transonic wing—
gection characteristics. It is striking thet all the major changes in
1ift, drag, and moment coefficient take place between M = 0.75 and 0.95;
the aerodynamic center shifts from 0.25 chord at low speeds to about 0.40 chord
at speeds beyond M = 0.95; the angle of zero 1lift changes from a

negative low—speed value to a slightly positive value. Reattachment
appears to start at M = 0.90, becoming complete at M = 0.95. These
changes are in gqualitative accord with theoretical requirements for
transition from subsonic—type to supersonic—type flow. The wing
performance at M = 0.95 is obviously more nearly supersonic than sub—
sonic in character. In fact, the coefficients are in crude agreement

with calculated values appropriate to M = 1.30, for a sharp-edge

cambered wing in pure supersonic flow. It may therefore be reasoned that
no first—order changes in performance will appear at speeds beyond

M= 0.95.

Typical changes in pressure distribution in the transonic region are
shown in Tigure 3 for the NACA 23012 section (references 17 ani 18).
Lift and drag data corresponding to the pressure distributions are given
in the upper left diagram. The effect of increasing Mach number on the
pressure coafficients at subcritical speeds (compare curves for M = 0.29
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and M= 0.59 in fig. 3) is predictable by approximate theoretical
methods. (See reference 3, for example.) The presence of supersonic
flow terminated by a strong shock (but no obvious flow separation) is
clearly evident in the diagram for M = 0.74 in figure 3. In the last
diagram in figure 3, for M = 0.88, the shocks lie Jjust ahead of the
trailing edge. The supersonic character of the flow is illustrated by
comparison of the measured pressures with those predicted by superscnic
(Prandtl-Meyer) theory applied to the part of the section aft of the
sonic point. The shapes of the measured and computed curves are similar
although the measured suction pressures are, of course, considerably
lower because the depth of the supersonic region is actually finite rather
than infinite as assumed by the theory. The development of pressure
drag is apparent from the progressive increase of pressure at the nose
beyond M,,. together with the large decrease of pressure over the rear

portion beyond shock—stall.

SYSTEMATIC INVESTIGATION OF SHAPE PARAMETERS

AT HIGH SUBSONIC SPEEDS

Wind~tunnel investigations of a large number of related wing sections
have been made at speeds up to M = 0.94. The succeeding discussion
consists of a brief review of the effects of the more important shape
parameters as determined from this research.

Thickness ratio.— The transonic characteristics of two symmetrical
airfoils differing only in thickness ratio (reference 19) are shown in
figure 4. The thinmer airfoil has not only a higher shock—stall speed
but also smaller undesirable changes in force characteristics after
shock—stall. It will be noted that the critical Mach number does not
coincide with the speed of shock—stall. In fact, the 6-percent—thick
airfoil which has the higher force-break speed and superior supercritical
characteristics has the lower critical speed. This result leads to the
conclusion that the critical Mach number is useful only to denote the
beginning of the transonic region; it does not coincide wlth the speed
of force-break and is no criterion of alrfoil behavior beyond the point
of force-break.

The values of the drag coefficients at sonic velocity were estimated
from wing—flow data (references 15 and 16), the transonic similarity rule
(reference 20) being used to correct the available data to the desired
thickness ratio. The drags of the two sections at M = 1.0 (fig. L)
are about three times and eight times the low—speed values, respectively,
for the 6— and 12-percent—thick sections at these Reynolds numbers.

Figure 5 is a plot of minimm drag coefficient against thickness
ratio. At subcritical speeds (curve for M = 0.65) the drag is not
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greatly affected by thickness ratio but, beginning at a speed somewhat
below shock—stall, the drag rises steeply with increasing thickmess.
According to the transonic similarity rule (references 20 and 21) the
drag coefficient of a family of thin airfoils differing only in thickness
is related to the thickness and Mach number as follows:

Mrcq _e M=
(/P37 | (8/0)?/3
At M= 1 +this relation yields

“dyy.0 ° (+/c)°/3

Systematic drag data (fig. 5) at the highest speed for which data were
obtained in reference 19 (M = 0.94) appear to agree with this five—thirds
power rule. (The theoretical (dashed) curves of figure 5 were fitted

to the test data st % = 0.09). For cambered sections the agreement is

scmewhat less satigfactory than for symmetrical sections. In purely
supersonic flow the pressure drag varies approximetely as the second power
of the thickness ratio. Thus, the effect of thickness ratic will probably
not change appreciably in the region between sonic speed and the speed at
which bow-wave attachment occurs.

Camber.— Figure 6 compares the performance of two sections differing
only in camber (reference 22). These sections are modified versions of
the NACA four—digit series and are designed to have higher critical
speeds than the four—digit series. The significance of the designation
numbers can be seen from the following specifications for the cambered
section 2,35,12-.55,40:

Meximum cember, percent chord . . . . . T~
Pogition of maximum camber, percent chord .
Maximum thickness, percent chord . . « + o ¢ ¢ ¢ & o o » o o ¢ » o = o 12

2
Ieading—edge radiUs + ¢« v 4 ¢ v ¢ ¢ v 4 s e 0 e e s e e 4 4 s s O.55c(§>

Position of meximum thickness, percent chord . . . . . . . ¢ ¢ o . .. Lo

The syrmetrical section operating at c3 = 0.20 has not only higher

force—break Mach numbers but also much smaller undesirable changes in
angle of attack and changes in moment after force—break; the change in
angle of attack, for example, is only 1. 7° for the symmetrical section

as compared w1th .59 Tor the cambered airfoil. A contributing factor

to the large trim change of the cambered section is the shift in angle of
zero 1ift inherent in the transition from subsonic—type to supersonic—type
flows. (See fig. 2.)
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The 0,00,12—.55,40 airfoil of figure 6 is identical with the
NACA 0012-3k4 airfoil of figure 4 except for leading—edge radius. The
results shown for the two sections were obtained at Reynolds numbers
differing by a factor of about 10. Comparison of the data from the
two tests indicates differences which are believed to be attributable
primarily to scale effects, although the model—support methods used
also differed and some uncertainty exlsts as to the possibility of
tunnel-wall constriction effects, particularly for the 0,00,12—.55,40 data
at the highest test speeds. It is important to note, however, that
analysis of the data from either of these investigations (reference 19
or 22) leads to the same conclusions regarding optimum shapes.

Further insight into the effects of camber on shock-stall character-—
istics can be obtained by a study of typical pressure distributions such
a8 those shown in figure 7. When operating at an appreciable 1lift
coefficient, the thin symmetrical section has a high suction peak near
the leading edge, while the cambered section chosen for comparison has
a flat pressure—distribution diagram. The symmstrical section obviously
has the lower critical Mach number of the two, but it is important to
note that sonic veloclty and shock will first occur near the nose. The
cambered section, on the other hand, will develop shock on the rear of
the airfoil where the boundary layer is more susceptible to separation.
The high-espeed 1ift characteristics of these two sections, which are
also shown in figure 7, indicate that shock—stall occurs shortly after
‘the formation of shock on the rear portion of the cambered airfoil.
Shock develops at a lower free—gstream speed on the symmetrical section
but has no deleterious effects on performance until M,,. 1is exceeded
by about 0.17. The critical Mach numbers in this figure were obtained
from high—speed pressure—distribution data; thus, there 1s no question
involved as to the adequacy of methods of estimating M,,, from low—
speed data. In spite of its lower critical speed, the gymmetrical
section has a higher lif't~break Mach number than the cambered section
for either of the two angles of attack shown in figure 7.

Substantiation of this line of reasoning is obtained from schlieren
flow photographs for these two alrfoils obtained in the Langley rectangular
high-gpeed tumnel. TFigure 8 for the symmetrical section indicates that
the main shock is still near the leading edge, even though the critical
Mach number has been exceeded by 0.10. There is no evidence of flow
geparation; measurement of the weke width at the trailing edge indicates
the same value as was found for M = 0.30. The schlieren photograph
for the cambered section (fig. 9) indicates the occurrence of shock Just
ahead of the trailing edge and the presence of flow separation at a
Mach number only 0.05 above the critical. The flow separation was actually
obgerved to start at a Mach number about 0.02 above the critical value.

An analysis of the schlieren diagrams of figures 8 and 9 is made in

Tfigure 10. A maximum local Mach number of 1.20 was measured for the
gymmetrical section as compared with 1.11 for the cambered section. It
would, therefore, be expected that the shock at the nose of the symmetrical
gsection is conslderably more intense than the shock for the cambersd
section. This difference in shock strength is probably accentuated by the
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fact that the boundary layer thickens extensively ahead of the main shock
on the cambered airfoll, thereby reducing the local Mach number to a

value close to unity just ahead of the shock (reference 23). Flow
seperation is thus precipitated by a very weak shock when the shock occurs
near the rear of the alrfoil. This explains the behavior of high—critical-—
speed and low—drag types of airfoils when operating at 1ift coefficients
near their design values (references 24 to 26). Figure 11 shows the force—
break characteristics of the NACA 66—210 airfoil (reference 26) as an
example. In the vicinity of design 1ift the force—breaks occur shortly
after the first appearance of shock at M,,.. At 1ift coefficients

appreciably higher or lower than the design value, high suction pressure
peeks develop at the airfoll nose but the existence of shock in this
position does not cause force-break, and the critical Mach number is
exceeded by a wide margin before the occurrence of force—break.

A photograph of the flow teken near the Mach number of force—break
of the symmetrical NACA 0009-64 section is shown in figure 12. Tne
main shock has moved from the vicinity of the nose to the 0.45~chord
poeition, where it causes an appreciable disturbance of the boundary
layer but no extensive flow ssparation. An asnalysis of this photograph
and comparlson with the cambered section is made in figure 13 in which
both sections are operating at the same speed, the same geometric
angle of attack, and approximately the seme 1ift coefficlent prior to
force-~break. The cambered section again has a weak shock preceded by
a maximum Mach number close to unity. As in the previous 1llustration,
appreciable flow separation and force—breek have occurred, although the
critical Mach number has been exceeded only by 0.05. The symmetrical
section, on the other hand, carries a relatively strong shock of about
equal depth normal to the airfoil without any evidence of shock stall.
The ghock losses Tor the symmetrical section will obviously be high,
but no appreciable separation losses are present. The cambered section
on the other hand encounters no appreciable shock loss but has a high
separation loss. It is *therefore difficult to determine from this analy—
sis the relative lift—drag values of the two sections and this gquestion
mist be answered by force data. An analysis of typical force—test
resultyg for related alrfoils of varying camber (reference 22) is shown
in figure 1Lk. The camber in percent of chord which resulted in the
maximim 1ift-drag ratio is plotted against Mach number for various
operating 1lift coefficients. At low speed appreciable camber is desirable,
but the optimm camber is seen to decrease as the Mach number increases.
When the critical Mach number 1s exceeded, the optimum amount of camber
drops rapidly to zero. For the 12—percent—thick sections used in the
illustration, the symmetrical section has the best lift—drag ratios at
all Mach numbers beyond 0.76 for all the 1lift coefficients tested. An
NACA investigation of 16—series sections of various camber (reference 2k)
revealed a similar trend of decreasing optimum camber with increasing
Mach number. Previous discussion of figure 6 revealed that symmetrical
sections are desirable for transonic applications from consideration
of trim and moment changes as well as from consideration of best lift—
drag ratio.
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Trailing—edge angle.— Virtually no information is available showing
the effect of trailing—edge angle as an isolated varisble. If the angle
is large, the flow is subject to separation at transonic speeds which
results in high drag, low lift—curve slope, and poor control-surface
effectiveneass (references 27 to 29). The maximum recommended values for
trailing-edge angle lie in the range of 10° to 15°; smaller values are
preferable.

Pogitions of maximum thickness.— Test data bearing on the optimum
position of maximum thickness for symmetrical sections are given in
references 19 and 30. The best location appears to lie between O.L chord
and 0.5 chord.

leading—edge radius.— At 1ift coefficients near zero (say, less than

0.1) the value of the leading-edge radius is not critical for symmetrical
sections at high subscnic speeds (reference 31). At higher lifts the
best lift—drag ratio is obtained with a leading-edge radius of about one—
half the value used in the NACA four-digit series. The radii used on

the NACA 1l6—series and 6—series airfoils are near the optimum value. The
leading edge should be sharp in supersonic flow if the speed 1s high
enough to permit bow—wave attachment (reference 32), in order to avold
the relatively high shock losses occurring near the apex of a detached
bow wave. If, however, the supersonic Mach number is so low that an
attached shock is not possible even if the leading edge is sharp
(reference 1k4), then there is no reason to believe that sections having
a small lesading-—edge radius will have inferior characteristics to
comparable sharp—-edge sections.

The behavior of sharp-—edge supersonic—type sections has been the
subject of a recent investigation at high subsonic speeds (reference 33).
An unexpected phencmenon was discovered which 1s illustrated in
figures 15 and 16. At all speeds up to M = 0.75 +the anticipated
extensive region of separated flow starting at the sharp leading edge
was present as depicted in figure 15. Local supersonic velocities
terminated by shock are present over the forward part of the section
outside of the region of fTlow separation. The separated flow vanished
abruptly when the Mach number was increased by 0.02 to M= 0.77
(fig. 16). The ability of the flow to negotiate the sharp edge is
explained by the fact that the local velocity field in the vicinity
of the leading edge is supersonic (reference 34). A small bubble of
separation is present Immediately behind the corner. In expanding
about this bubble the flow 1s directed towards the surface, giving rise
to the oblique compression shock. The origin of the foremost oblique
disturbance apparent in figure 16 is uncertain. It is believed, however,
that since the disturbance disappears at some distance above the airfoil
it does not have any major effect on the reattachment phenomenon.

This reattachment of the flow is accompanied by an increass in 1ift
and, in a majorlty of cages, little change in drag. The increased
pressure drag after attachment tends to offset the reduction of ssparation
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losses. It is important to note that, although the 1lift—drag ratio
ig increased by this phenomenon, the lift-—drag ratios reached are not
as high as are obtainable with round—edge sections at the same speeds
(reference 33).

OPTIMUM SHAPES FOR LOW SUPERSONIC SPEED RANGE

The high-subsonic test data utilized in the foregoing dlscussion
point towards an optimum gection shaepe for the high—slibsonic speed
range which has no camber, a maximm—thickness position near the
midchord point, as small values as possible of the thickness and
trailing—edge angle, and a small but finite leading-edge radius.

With the exception of the leading-edge radius, these specifications
closely approach the theoretical requirements for an optimum section

in purely supersonic flow at low supersonic speeds. There is little
reason to suspect that a sharp leading edge would prove more desirable
than a small rounded edge in the transonic speed range where a detached
bow wave would occur with either shape. It may be conJectured,
therefore, that the airfoil shape which is optimum for high-subsonic
gpeeds will also have the best characterilstics in the supersonic part
of the transonic regime. It is obvious, however, that further research
is needed to establlsh the details of airfoil performance at low
supersonic speeds.

PROFILES SUITABLE FOR TRANSONIC APPLICATIONS

The following symmetrical profiles meet the approximste specifi-—
cationg for optimum shape discusassd In the preceding sections of this
paper:

NACA 00094l  (see reference 35)
NACA 65009 (see reference 36)
NACA 65A-009 (see reference 37)

The latter two sections could be made thicker than 9 percent without
exceeding the arbitrary limit imposed on the trailing—edge angle (15°).

The use of thicker sections, however, 1s usually prohibitive for transonic
applications from consideration of power requirements as well as adverse
trim and moment changes. Obviously, thinner sections having the same
thickness distribution as the above proflles will also meet the approximate
optimum shape reguirements.
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SUPERSONIC
REGIONS

SUBSONIC
REGIONS

Figure 1.- Transonic flow patterns.
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Figure 2.- Transonic force data for a typical wing. NACA 65(112) -213,

a = 0.5 airfoil; aspect ratio, 6.4.
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Figure 6.- Effects of camber. ¢y = 0.20; R = 4 X 106.



NACA AIRFOIL
_——— -64
?2":096 - -0 M=030
-84 °Z=0'20
ﬂG-\
41, Mer \ P -ad N 16-209
. // -2
cz ° _ __ —+
.2_ O \\
o° ““\ .24
O i ] ] L] -4 ] 1 i ] ]
4 .6 .8 1.0 0O 2 4 6 8 10
M x/c
Figure 7.-

-84 airfoil. a = 2°;

b

Figure 8.- Schlieren flow photograph of NACA 0009
M =0.75 = Mcr + 0.10.
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Effects of camber on lift and upper-surface pressure-distribution
characteristics of thin sections.
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Figure 9.- Schlieren flow photograph of NACA 16-209 airfoil. a = 0°

M =0.83 = Mcr + 0.05.

b

NACA 0008-64 AIRFOIL 16-209
cZ =0.27, @=2° . cl=0.04,,a=
M=0.75 : M=0.83
:
=Mcr+.|0 =Mcr+.05

Figure 10.- Analysis of flow photographs (figs. 8 and 9),
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Figure 11.- Critical and force-break Mach numbers for an NACA 66-210 airfoil.

Figure 12.- Schlieren flow photograph of NACA 0008-64 airfoil. a = 29,
M =0.80 = Mcr + 0.15.





