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CHAPTER I 

INTRODUCTION 

1.1 General 

Structural  sandwich construction i s  defined as a constructibn consistfng 

o f  a combination o f  a l te rna t ing  d iss imi la r  simple or composite materials, 

assembled and in t imate ly  f i xed  i n  r e l a t i m  t o  each other so as t o  use the 

properties o f  each t o  spec i f i c  s t ructura l  advantages for the whole assembly 

(ref. 1). Some o f  the many advantages o f  sandwich construct io l  include: high 

strength-to-wei ght ra t io ,  smooth surfaces, good stabi  1 i t y ,  high load carrying 

capacity, increased fa t igue l i f e  and high sonic fa t igue endurance, and good 

insu la t i ve  properties. 

steadi l y  increased. 

For these reasons the use o f  sandwich construction has 

Sandwich construction i s  by no means a novel concept. Although accounts 

o f  i t s  o r i g i n  d i f f e r  among authors, one o f  the f i r s t .  records of  the use o f  

sandwich structure i s  that  by Fai rba i rn  i n  1849 ( re f .  2 )  i n  the construction 

o f  the Britannia Tubular Bridge. 

the a i r c r a f t  industry came i n  the ear ly  1900's with the desire t o  b u i l d  3 criie 

monocoque airplane (ref. 3). 

f o r  the pontoons o f  the Sundstedt airplane, b u i l t  i n  the United States, i n  

1924 a German patent was granted t o  Th. Von Karman and P. Stock, and i n  France 

i n  1938, S. E. Mautner designed ard b u i l t  sandwich wings f o r  a small p r i va te l y  

owned a i r c r a f t  (ref. 4). 

construction wi th  the B r i t i s h  World War !I de Havil land Mosquito Bomber whose 

fuselage had a balsa wood core i n  conjunction w i th  plywood facings. Various 

The incentive f o r  sandwich development 

I n  1919 sandwich structtires were used as sk in  

The ear ly  1940's saw the coming o f  age o f  sandwich 

cores have been used (ref .  5) but bne most successful t o  date has been 

hexagonal -ce l l  honeycomb core which has been used i n  s t ructura l  panels 

the 

f o r  the 
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8-58, B-70, and F-111 series a i r c r a f t ,  as well  as i n  many production 

hel icopter r o t o r  blades and also i n  the Apollo spacecraft. Aluminum honeycomb 

sandwich i s  presently used i n  the construction o f  tne B r i t i s h  Concorde (ref.  

6). 

The development o f  new materials such as composites (lamipas c f  

high-strength f ibers  embedded i n  a res in  matrix, oriented a t  various angles 

w i th  respect t o  one another and consolidated t o  achieve desired d i rect ional  

material propert ies),  and new adhesives and fabr icat ion techniques as wel l  as 

innovative design concepts (ref .  7 )  a f fords l i m i t l e s s  appl ications f o r  

sandwich construction and insures Increased fu ture usage. Many f1 i g h t  service 

prograins i n  l n i l i t a r y  and coinnerical a i r c r a f t  were begun i n  the ear ly  1960's t o  

qual i fy  the use o f  composites i n  the aerospace industry. One o f  the f i r s t  

coniponents t o  achieve f l i g h t  status was thp horizontal s t a b i l i z e r  o f  the F - I l l  

a i r c r a f t  (refs. 8 and 9). 

structure rlas the F-14 hor izontal  s t a b i l i z e r  (ref .  1 C )  which consisted o f  

boron/epoxy 'acings adhesively bonded t o  a f u l l  -deptn honeycomb core. 

coinnerical and m i l i t a r y  uses o f  sandwich structclres are c i t e d  i n  references 11 

and 12. In each instance composite designs r,sulted i n  mass savings o f  

Zpprorimately 25 percent over :netal l ic  designs. 

composites i n  s t ructura l  snndwi2h designs w i l l  continue t o  increase as the 

need f o r  1 igh ter  and higher Ftrenqth structures increases. 

The f i r s t  production advanced composite sandwich 

Other 

Hence, the use o f  advanced 

With the advent o f  advanced composite mater ia ls (mes which u t i l i z e  high 

strength graph'te o r  boron f i be rs ) ,  polyimide resins and adhesives, arid 

t h i  n-gage prepreg development ; 11 ghtwei ght compos1 te  sandwich panels can be 

developed f o r  use on space transportat ion systems such 3s Space Shutt le 

(refs. 13 t o  15)  a t  tenlperdtures up t o  589K (600cJi). Considerable reduL,ions 

i n  shat t le  Illass car1 be redl ized by the d i rec t  replacement o f  the aluminum 
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sub-structure with graphite/polyieide (Gr/PI) panels; an even greater savings 

i n  insulat ion mass (Reusable Surface Insulat ion (RSI) i n  the case of shuttle! 

i s  possible because o f  the higher use teaperaturn of graphite/polyimide 

material over the a l m i n m  it i s  replacing. An addit ional advantage i n  using 

graphite fibers i n  the facings i s  that  the law coef f ic ient  of thermal 

expansion of such panels more closely matches that  o f  RSI and hence could 

possibly eliminate the rieed f o r  a s t r a i n  iso la t ion system (such as the s t r a i n  

iso la tor  pad i n  the case of  shut t le  (ref. 16)) between the insulat ion and the 

sub-structure. Thus f o r  reusable space transportai ion systew the use o f  

advanced conposites i s  desireable t o  save structural  mass. Because o f  

predictions o f  potential mass savings as high as 25 percent (ref. 171, a 

program was i n i t i a t e d  a t  tiASA Langley Research Center e n t i t l e d  Coaposites f o r  

Advanced Space Transportation Systems (CASTS), the purpose o f  which i s  t i  

design a conposite body f l a p  for  the Shutt le Orbiter. 

1.2 -Objectives and Scope 

The purpose o f  the present study i s  t o  experimentally investigate the 

buckling behavior o f  G r / P I  sandwich panels which were designed as the skin o f  

the shutt le bodyflap. The sandwich designs m s t  be capable of  withstandi!lg 

tenperatures ranging f r o m  116 t o  589K (-250 t o  600OF). Because of the l im i ted  

data of  bonded G r / P I  honeycomb structures a t  these temperature extremes, 

honeycomb sandwich specimens were fabricated and tested t o  determine adhesive 

and facing inaterial properties. G r / F I  sandwich panels were then +signed, 

fabricated, and tested a t  room temperature i n  uniaxial compression t o  study 

buckling of such panels. 

Preliminary studies o f  loads on the body flap of Shuttle indicated that a 

b iaxial  s ta te -o f - s t ress  exists (ref.  18). Based on the low magnitude and 

3 



blaxir l  natura 

the fiKtngs of 

frbicrtlm of 

of stresses, 

tha smbidr 

the undrlch 

at  tha ti= of ~ a i a t i m  recording to tkr foiiariw m: 
(1) strength mtantton at elevated teqwatum, (2) low -It$. 43) 

comerclrl avatlrbWty, and (4) ease of fatwtcatlorr, Cellon 3000/PllR-tS 

&]PI yas selected as the facing natarlst, FR-34 as the polyimide fllr 

adlHslve, and Hews? HRH-327-315-4 as the glass/polylmide homyunh c m .  
Flatwise tenst le spccinons *re tested a t  I U D  ROTr, urd 58% (-250, 

R.T., and WO°F) t o  detensine a cure cycle for  W34 which would p& (I 

high-strength adhesive bond and t o  lnvesttgata the possibility of using a 

l iquid ceIl-edge version o f  that adhesiveD Wt-35, which has a potent ia l  for 

saving considerable mss as noted i n  reference L3. Saridwicrh k r a  flexurn 

specimens wen fabricated and tested I n  four-polnt W i n g  t o  dctmine 

tens i le  and conpressive fasteria? properties of the f;lcings, [0D+15,90,45& 

laminates o f  Ce?ian/WG : 5 ,  a t  116, R.T., and 589K (-250, R.T., md 600.F). 

Howco& core material properties were obtdfned frola reference 19. 

Buckling speclavns 30.5 I[ 33.0 cm (12 x 13 in.) were designed and 

fabricated i n  various core thicknesses t o  study local and general i n s t a b i l l t y  

fa t lu re  mdt: and t o  evaluate methods f o r  predict lng c r i t i c a l  f a i l u re  loads, 

Analytical fornulas (refs. 19 t o  25) were used t o  determine upper and lower 

bounds on c r i t l c a l  strtsses related t o  ?oca1 and genera? buckling such as: 

I n t r r ce l l u la r  buckling (dlnyl  ing), wrinklin:j, shear critlrgfng, and overal l  

buckling. To prevent prentatue end fai lures of the specintens, techniques such 

as pott ing the honeycomb war the ends and Capenid end ti ih (refs. 25 and 26) 

- 
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and scalloped tbublers (refs. 27 and 28) have been used by other 

investigators. The specillens i n  the present study use potted ends and tapered 

end tabs t o  prevent local  core crushing anC end broorlng of the -site 

facings and have scalloped doublers to enhance load d i f f us ion  i n t o  the panel 

t o  prevent stress concentrations ncar the loaded edges and hence premature 

f a i l u r e  there. A t es t  r ig ,  s imi lar  t o  that of references 25 and 29, was 

designed and used t o  insure a uniform s t ra in  d is t r ibu t ion  across the specimen 

width- The Noi& f r inge  method was used t o  evaluate the buckled lloQ shapes 

of the panels and t o  determine the onset o f  buckling. The buckling s p e c i m s  

were tested i n  uniaxial  edgewise collpression at room t q e r a t u r e  and were 

siaply supported about a l l  four edges. 

1.3 B r i e f  Review of Pertinent L i terature 

A good h is to r ica l  review of nethods o f  analysis o f  sandwich structures 

can be found i n  references 22, 24, and 25. Most analysis nethods assum an 

antiplane core, one which possesses no st i f fness i n  the plane o f  the p la te but 

has a f i n i t e  shear s t i f fness i n  planes noma1 t o  the facings. The main 

difference i n  the analysis o f  sandwich plates from regular f l a t  plates i s  that 

shear defomation caused by the f l ex ib le  core material i n  sandwich panels 

cannot be neglected. Also, the existence of  a f l ex ib le  core material allows 

addit icnal i n s t a b i l i t y  modes o f  f a i l u r e  such as wrinkling, dimpling and shear 

c r iap i  ng. 

Currently there are two methods o f  analysis of sandwich panels: The 

general method which includes equations o f  equi l ibr ium of  the separate facings 

and core and the necessary cont inui ty conditions and can hence determine both 
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general and possibly ' x a l  i n s t a b i l i t y  mdes o f  f a i l u r e  and the select ive 

method which looks a t  wr ink l ing and bending of sandwich panels separately. 

Several authors have investigated the general method: Reissner (ref. 30) 

looked a t  isot rop ic  panels with very thin faces, Heath (ref. 31) extended an 

e a r l i e r  work by Heap (ref. 32) t o  include a sandwich with an orthotropic core 

and Bearce (ref. 25) extended the research o f  Heath t o  include anisotropic 

facings and orthotropi, core. 

General method, however, are in t ractab le when applied t o  sandwich panels; 

Pearce was only cble t o  obtein an exact so lut ion f o r  wr ink l ing and overal l  

buckling o f  panels wi th  e f f e c t i v e l y  orthotropic facings (facings which do not 

exhib i t  coupling between normal and shear s t ra ins or bending and tw is t i ng  

strains). The general method has, however, been successfully applied t o  the 

analysis o f  sandwich s t ru t s  and beams as noted i n  mferences 33 and 34. 

Exact (ana ly t i ca l )  solut ions based on the 

Most analy t ica l  work on sandwich panels refers to  the select ive method. 

There are three versions of t h i s  method wi th  the major dif ferences between 

each ar is ing from the choice o f  variables used t o  expres; 

the panel. 

22. 

and Batdorf and Stein and Mayers (refs. 35 and 36) and assumes that the 

materials are elast ic ,  the panel thickness i s  s m l l  compared t o  i t s  radius of  

curvature; the facingc act as membranes, and the core i s  antiplane with an 

i n f i n i t e  transverse normal st i f fness. Solutions f o r  simply-supported panels 

with orthotropic facings and core  a r e  abtained using assumed displacement 

solut ions o f  reference 23. The expressions f o r  o v e r a l l  buck1 ing obtained as 

such prov ide  d simple solut ion fo r  e f fec t i ve l y  orthotropic facings and core. 

v displacement o f  

A good account o f  eacn stream o f  thought i s  Piven i n  reference 

The analysis used i n  the presen; st,ciy fol lows frm the work o f  Libove 
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CHAPTER I1 

DETEMINATION OF MATERIAL PROPERTIES 

2.1. Objectjves and Scope 

Material properties of  s m !  constituents (adhesive and facings) of the 

Gr/P1 sanbich panels were experimentally determined by a series of  f la twise 

tens i l e  tests and sandwich beam f lexure tests. Properties, such as f l a t n i s e  

adhesive bond strength, facing modulus and Poisson's rat io,  II, and facing 

strength, were determined a t  various tenrperatures (116, R.T., and 589K (-250, 

R.T. and 600OF))  and used t o  analy t ica l ly  predict fa i lure modes and loads o f  

the buckling specimens. Research i n  adhesive bonding was necessary t o  improve 

the in-house bonding capabi l i ty  a t  NASA Langley Research Center using FN-341 

polyimide f i l m  adhesive, G r / P I  facesheets, and glass/polyimide honeycomb core 

and t o  ve r i f y  the capabi l i ty  of  fabricating such sandwich panels. 

addition, the bond study could determine if potent ia l  mass savings are 

possible by using the l i q u i d  version o f  the FM-34 f i l m  adhesive, BR-34, as a 

ce' edge adhesive. FM-34 was chosen because o f  i t s  g o d  strength retention 

at  %9K (6oi )OF)  and i t s  comnercial ava i lab i l i ty .  

In  

It was decided that f latwise tens i le  tests would provide a good measure 

o f  adhesive bond strength i n  a core-to-facing bond situation. Hence, a series 

o f  f l?+wise tens i le  tests were conducted t o  determine a suitable bonding 

nt :edure and cure cycle f o r  the FM-34 adhesive. 

1FM-34 = i  Im adhesive and BR-34 l i q u i d  adhesive: Manufactured by American 
Cyancrmid Cor;yany, 61 oomingdale Civlsion. 
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materia 

I a r i  ous 

t-ested 

four  i n  

obtain t e n s i l e  and compressive material propert ies o f  the fac ing 

([0,+45,9O,=45], laminates o f  Cel i o n  6000/M-15 Gr/PI composite) a t  

temperatures, 24 sandwich beam f lexure specimens were f s b r k a t e d  and 

-, four-point bending. Eight beams were tested, four in  tension and 

conpression, iit each o f  three temperatures 116, R.T., and 589K 

f-2!i0°F, R.T., and 600OF). Results o f  rep l i ca te  tes ts  were s t a t i s t i c a l l y  

analyzed and stress-and tangent moduius-vs. -s t ra in  data are presented. 

2.2 F la tn ise  Tensile Tests 

Over t h i r t y  7.62 Y 7.62cm (3 x 3 in.) specimens, shown i n  f igure  1, were 

fabricated using precured [0,+45,90], laminates o f  HTS-l/PMR-35 Gr*,'oI facings, 

g l  ass/polyimide honeyconb core (lHRH-327-3/16-6 or 8) and the desired 

adhesive. Deta i ls  o f  fabr ica t ion  procedures and cure cycles a r e  given i n  

Appendix A. 

each block has a tapped hole fo r  attaching a loading rod. Unirersn\ j o i n t s  

were attached between the tes t ing  machine and the loading ruds t o  assure 

proper alignment o f  the f i x t u r e  i n  the loading machine. 

tested i n  a universal tes t ing  machins operating i n  a displacei,ient control  inode 

a t  a constant ra te  o f  0.13 crnhin (0.05 in.irnin. 1. 

than rooin temperature were obtained using an environinental chamber positioned 

w i th in  the crossheads and posts o f  the tes t ing  machine. 

a t  desired t e s t  temperatures for  15 minutes p r i o r  t o  t es t i ng  to  insure thermal 

equilibrium. Preliminary t e s t s  indicated that  s ign i f i can t  imp,*ovements o f  

in-house (NASA Latigley) Sand strengths could be obtained by abrasively 

cleaning the edges of the honeycomb and by dipping the core i n  primer instead 

o f  brush or r o l l e r  coating i t  on the core (see Appendix A).  

Steel load blocks were bonded t o  the facings o f  the specitnens and 

The specimens were 

Test tempzratures other 

Specimens were held 

1HRH-327-3/1H - 6 or 8 g l  dsslpolyimide honeycomb core: 
Hexel Corpordt i on. 

Manufacture' by 
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A series of  f l a tw ise  tens i le  tests o f  specimens, bonded with Fn-34 using 

various cure cycles, aided i n  the selection of a sui table cure cycle. Two 

specimens were tested a t  roo(11 teoperature f o r  each cure cycle var ia t ion l i s t e d  

i n  Table 1. Specimen fa i lu res  occurred by e i ther  facing del imination or by 

adhesive bondline rupture. Results o f  those tests, l i s t e d  i n  Table 2, 

indicate that  cure cycles numbered 1 and 5 produced the strongest bonds, 

having strengths equivalent t o  or greater than the interlaminar shear strength 

of the facings. Facing delaminatfon also occurred with cure cycle number 4 

but because the bond cure temperature of 616K (650'F) was greater than the 

facing cure tenperature o f  603K (625OF) the interlaminar shear strength o f  the 

facing was degraded and f a i l u r e  loads were loner. Bonding one face o f  the 

specimen a t  a time with the face t o  be bonded below the COR (cure cycle 

number 3) provided good nodal f i l l e t i n g  but d id  not enhance the strength o f  

the bond. 

second of the two bonds. S i x  specimens were tested a t  589K (600OF); two 

specimens were fabricated a t  each of three cure cycles numbered 1, 5, and cure 

cycle 1 wi th  a higher cure temperature (603K (62S°F)). It was hoped the 

higher cure temperature would iinjwove the elevated temperaturn bond strength. 

l e s t  resul ts of a l l  the f l a t w i s e  tens i le  specimens, even those which fa i l ed  

prematurely, a r e  presented t o  i l l u s t r a t e  the success rate o f  each fabr icat ion 

Instead, bond strengths were lower and fa i lu res  occurred i n  the 

method. 

Cure cycle number 1 w l i i i  :?e elevated cure temperature was chosen because o f  

the higher bond strengths a t  elebqted temperature and because maintaining a 

vacuum during cure would help el iminaic v o l a t i l e s  produced during the cure o f  

the FM-34 adhesive. Although trapped v o l a t i l e s  d id  not degrade the strengths 

of the 7.62 x 7.62 cm (3x3 in.) specimens, i t  would be more d i f f i c u l t  t o  vent 

the v o l a t i l e s  i n  large panels. Figures 2 and 3 show the two modes o f  f a i l u re  

o f  the f l a t w i s e  tens i le  tests. 
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Sixteen f l a tw ise  tension specimens were fabricated using cure cyc le 

number 1 with a cure temperature o f  603K (625OF). l e s t  resu l ts  of these 

specimens are presented i n  Table 3a. 

room tenperatuw and 116K (-25Oof) increased f r o m  1.6 MPa (230 p s i )  t o  

an average value o f  3.2 MPa (470 psi) .  Fa i lures a t  t h i s  stress leve l  were 

usually by facing delamination as sham i n  f igure 3. Flatwise t e n s i l e  

strengths at  589K (60OOF) were higher than 1.4 MPa (208 p s i )  with fa i lu re5  

occurring i n  the bondline, s im i l a r  t a  the room temperature tes t  shown i n  

f igure  2. 

In-house f l a tw ise  t e n s i l e  strengths a t  

Flatwise tens i l e  tes t  resu l ts  a t  room temperature o f  specimens bonded 

using BR-34 as a cell-edge adhesive are presented i n  Table 3b. Host o f  these 

specimens fa i led  by facfng delmination. However, f o r  these specimens the 

facings delaminated l o c a l l y  about each c e l l  edge as shown i n  f i gu re  4 and 

usually resulted i n  s l i g h t l y  lower strengths. When local  facing delaminatien 

d i d  not occur, strengths were s imi la r  t o  resul ts  o f  the FM-34 f i l m  adhesive. 

Flatwise tens i l e  strengths using BR-34 were much higher than resul ts  presented 

i n  reference 13. 

lbm/ft3) which i s  a 59 percent reduction fn  mass compared t o  FM-34 f i l m  

adhesive having a mass o f  0.586 kg/rn2 (0.12 lbn / f t * ) .  Thus, the use o f  Br-34 

would resu l t  i n  a mass savings equivalent t o  10 percent o f  the t o t a l  c, ndwich 

panel mass for a panel consist ing of 8 p l y  G r / P I  facings and a 1.27 cm (0.50 

in.)  th ick core having a density o f  64 k9/m3 ( a r  l o m / f t 3 ) .  

The mass o f  the 3R-34 adhesive was 0.244 kg/m2 (0.05 

Results of the bond study indfcate that  a l i q u i d  cell-edge adhesive can 

resu l t  i n  considernb!e mass savings without necessarily s a c r i f i c i q  bond 

st;>ength and that  further research i n  t h i s  area i s  warranted. However, since 

f la tw ise  tens i l e  strengths with BR-34 were ixt consistent, FM-34 f i  Im  adhesive 

wzs used t o  fabr icate the sandwich beam and buckling specimens. 
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2.3 Sandwich Bean Flexure Tests 

Sandwich beam f lexure specimens consisted o f  Gr,'PI facings and 

glass/polyimide honeycomb core as shwn i n  figure 5. The honeycomb core was 

HRH 3L7-3/16-8 glass/polyimide and was cut i n t o  s t r i p s  2.54 cm (1.00 in.) wide 

by 55.83cm (22.00 in.) long by 3.175 cm (1.25 in.) h igh using a dfamnd tipped 

saw. The t e s t  facing was a [0,+45,90,-453s laminate of  Celion 6000/PMR-15 

which was cured (see appendix A)  and cut i n t o  2.54 cm (1.00 in.) by 55.88 cm 

(22 in.) s t r i ps  from f l a t  sheets 50.8 cm (20.0 in.) by 58.4 cm (23.0 in.). 

The opposite facing of the beams were a:so Gr/PI instead of stainless steel or 

t i tanium t o  prevent bowing o f  the beams a f te r  bonding due t o  coeff ic ient  o f  

thermal expansion mismatch o f  opposite facings. Additional 0- degree layers 

were included i n  the nor?-test facings ([02,+45,90,-45]s, cel ion 6000/PHR-15) 

to insure f a i l u r e  would occur ir? the test  facing. The honeycomb core was 

f i l l e d  with BR-34 l i q u i d  adhesive and glass beads throughout the en t i re  length 

of the beams except f o r  the 7.62 cm (3.00 in.) t e s t  section i n  the center o f  

the beams. The purpose of the BR-34 adhesive was t o  increase the adhesive 

bond area (core-to-facing) and thus help prevent premature adhesive shear 

f a i l u r e  during the elevated temperature tests. The core surfaces were then 

ground f l a t  and para l le l  and the facings were bonded t o  the core using FM-34 

f i l m  adhesive. Detai ls o f  the fabrication o f  the sandwich beam specimens i s  

presented i n  Appendix A; a completed beam specimen i s  shown i n  f igure 6 . 
Each specimen was instrumented with a high temperature Micro-Measurements 

s t ra in  rosette (WK-03-06-WR-350) oriented a t  0-, 45, and 90-degrees with the 

load axis and bonded i n  the center o f  the test  facing using a polyimide 

adhesive (ei ther M-Bond 610 o r  PLD-700 available f rom Micro-Measurements and 

BLH electronics, respectively) ; a single gage (WK-03-125AD-350) oriented a t  0 

degrees with the load axis was bonded t o  the center o f  the opposite facing. 
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The sandwich beams were placed i n  a four-point bending tes t  apparatus 

( f ig .  7 )  which supported the beam on r o l l e r s  wi th f l a t  sections 2.54cm 

(1.00in.) wide machined i n  them a t  two points 48.26 cm (19.00 in.) apart. 

Load was applied by a 222.4 kN (50,000 l b f )  capacity hydraul ic t es t i ng  machine 

which acted at  two points on the top flange o f  the beam spaced 10.16cm (4.00 

in . )  apart and symnetric about the beam's center. A schematic diagram of a 

beam specimen loaded i n  four-point bending i s  shown i n  f i gu re  8. 

applied a t  a ra te  o f  89 f.(/sec (20 lbf/sec). For tes t ing  at  temperatures other 

than room temperature the specimen was instrumented wi th  a thermocouple 

attached t o  the tes t  facing and the tes t  f i x t u r e  and specimen were completely 

enclosed i n  an environmental chamber and e i the r  heated or  cooled t o  the 

desirsd tes t  temperature. 

temperature f o r  20 minutes t o  insure thermal equi 1 ibrium. 

Load was 

Specimens were allowed t o  soak a t  the t e s t  

A data handling system consist ing o f  a 40-channel scanner, d i g i t a l  

voltmeter, p lo t te r ,  p r in te r ,  clock, and ca lcu lator  was used t o  record and 

reduce data. 

channel o f  the scanner. 

Wheatstone bridge balance ( for non room temperature tests  s t ra ins were set t o  

zero a f t e r  thermal equi l ibr ium) and during the tes t  wers input t o  selected 

scanner channels. 

gages and nonl inear i ty  o f  the bridge c i r cu i t .  

the scanner through a 273K (32'F) cold-junction reference. 

The load signais from the load c e l l  were comected t o  one 

Stra in  signals were i n i t i a l l y  balanced by a 

Strains were corrected f o r  transverse s e n s i t i v i t y  o f  the 

Thermocouples were connected t o  

Beams were tested to  fa i lure,  data were recorded every three seconds and 

a s t ress-s t ra in  curve was p lo t ted  i n  real time. Quantft ies were stored i n  

vo l ts  and engineering un i ts  on 

A f t e r  each s e r i e s  of rep1 ica te  

used the longi tudinal  stresses 

inagnetic tape and pr in ted during each test. 

tests  were completed, a data reduction program 

and st ra ins of ind iv idual  tests  as input t o  a 
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regression analysis t o  determine the coeff ic ients of  a best f i t f o r  a l l  tests, 

i n  the series i n  the least  squares sense, o f  a third-order polynomial r e l a t i n g  

stress and s t r a i n  according t o  the polynomial equation: 

The t h i r d  order curve i n  most cases produced a good fit of  data. Two inethods 

were used t o  calculate the tangent modulus: 

Method 1: The lolynomial was dif ferentiated. 

Method 2: A de ta -s t ra in  (AE) region was chosen over which average 

resul ts  o f  the tests were f i t t e d  by means of least-squares using a s t ra ight  

l i n e  :it. The tangent modulus i n  each A E  region was the slope of  each 

par t  i cul ar s t r a i  ght 1 i ne. H i  gher order polynomi a1 curve f i t  q u a t  i ons were 

investigated but i n  general produced osc i l l a to ry  tangent modulus-vs-strain 

curves upon di f ferent iat ion.  

The coef f ic ients  o f  the regression equation are found by so lut ion o f  the 

fol lowing matrix equations: 

3 4 r: €f  
2 c Ei €i j i i 

2 3 4 5 

6 3 
i c E i  

c Ei 

i i 

i i i i 
E €4 5 c Ei 

4 c ci 

where the symbol c implies summation from 1 t o  j where j 
i 

i s  the t o t a l  number 

o f  points recorded during a series of repl icate tests for a given t e s t  

conf 1 gurat ion. 
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To assess the magnitude o f  scat ter  o f  experimental points about the 

regression equation, the standard e r ro r  o f  estimate, S 

o f  the mean deviat ion o f  the sample points from the regression l i n e  i s  

determi ned as f ol 1 ows: 

, which i s  a measure 
<J/ E: 

This method o f  s ta t  s t i c a l  analysis i s  s im i la r  t o  that presented i n  reference 

37 f o r  the analysis o f  compressive coupon data. 

Results o f  the sandwich beam flexure tests  are presented i n  Tables 4 and 

5 and i n  f igures 9 t o  14. As shown i n  Table 4, the scat ter  o f  t es t  data, as 

determined by tne standard er ro r  o f  estimate, was lowest for the room 

temperature and 116K (-250OF) t ens i l e  tests. Maximum scat te r  occurred f o r  the 

elevated and room temperature compression tests  i n  *which the standard er ro r  o f  

estimates, S 

coinpared t o  respective average u l t imate strecgths o f  567.7 MPa (82.34 k s i )  and 

334 MPa (48.44 k s i ) .  Average u l t imate strengths o f  the laminate were s l i g h t l y  

higher i n  conpression than tension f o r  each tes t  temperature. Ult imate 

strengths of the Celion 6000/PMR-15 i0,+45,90,-451s laminates were higher than 

resul ts  f o r  HTS/PMR-15 as reported i n  references 37 and 38 except f o r  t ens i l e  

strength a t  589K (60OOF ( ref .  38)). Average room temperature tens i l e  and 

compressive u l t imate strengchs f o r  the HTS/PMR-15 laminates were 450.6 and 

5L2.4 MPa (65.36 and 77.23 k s i )  respectively as compared t o  565.2 and 567.1 

MPa (81.98 and 82.34 k s i )  f o r  Celion 6000/PMR-15. Average tens i le  u l t imate 

, were 10.67 MPa j1547 p s i )  and 11.10 M2a (1610 p s i )  as 
U/E 
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strengths a t  116K (-250OF) increased by 8.5 percent over room 

temperature values and strengths a t  589K (6OOOF) decreased by 43 percent. 

Average compressive u l t imate strengths a t  116K (-25OOF) and 589K (6OOOF) 

increased and decreased respectively by 13.8 and 41.2 percent over raom 

temperature values. 

Modulus values o f  the Celion/PMR-15 laminates were higher for  a l l  t e s t  

temperatures than values reported i n  references 37 and 38 f o r  HTS/PMR-15 

laminates. This i s  probably due t o  the higher f i b e r  volume f -ct ion o f  the 

Cel ion/PI 1 aminates, 72 percent , compared t o  43-55 percent *.be HTS/PMR-If 

laminates o f  references 37 and 38. Modulus values a t  0.2 pe,,trrit s t ra in  and 

116K (-250°F) were about ten percent higher than values a t  room temperature; 

modulus values a t  589K (600OF) were about the same as room temperature 

values. Stress-and tangent-modulus as a function o f  s t r a i n  f o r  various 

temperatures are presented i n  f igures 9 t o  14. Table 4 l i s t s  t h e x o e f f i c i e n t s  

o f  the regression equation used i n  the reduction o f  the exper iwnta l  data. 

The data i n  the figures represent experimental points o f  a l l  rep l i ca te  tests; 

the so l i d  l i n e  i n  the f igures i s  the best fit third-order polynomial obtained 

from the regression analysis. 

. s i n g  method 1 and tne x- symbols were obtained by method 2. Tensile modulus 

values were f a i r l y  l i nea r  throughout the usable s t ra in  region (E < .35 

percent) as shown by f igures 9, 11, and 13. Compressive modulus values tended 

t o  be nonlinear a t  room temperature and bec;me l i n e a r  a t  589K ( 6 O O O F )  as shown 

by f igures 10 and 14. The two methods irsed t o  predic t  tangent modulus as a 

function o f  s t r a i n  agreed del l .  

The s o l i d  tangent-modulus curves were p lo t ted  

Representative tens i l e  and compressive fa i lures are shown i n  f igures 15 

and 16 respectively. Most t ens i l e  fa i lu res  occured i n  the center o f  the beam 

while most compressive fa i l u res  occured near the edge o f  the potted section o f  

the honeycomb next t o  the load tabs. 
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CHAPTER 111 

BUCKLING OF SANDWICK PANELS 

3.1 Objectives and Scope 

F1 a t  , rectangular, honeycomb sandwich panels were simply-supported about 

a l l  four  edges and tested i n  un iax ia l  edgewise compression t o  experimentally 

study loca l  and general i n s t a b i l i t y  modes o f  fa i lure.  Facings o f  a l l  sandwich 

panels were s imi la r  and core thicknesses, tc, were varied t o  determine the 

f a i l u r e  envelope of such panels resu l t ing  from local  and general f a i l u r e  

modes. Specimen length, width, and core thicknesses were chosen t o  allow the 

invest igat ion o f  wr ink l ing  and overa l l  buck1 ing  modes o f  i n s t a b i l i t y .  

Specimens were 30.5 x 33.0 cm (12 x 13 in.) w i th  core thicknesses o f  01635, 

1.27, 1.91, and 2.54 cm (0.25, 0.50, 0.75, and 1.00 in.). A t es t  f i x tu re  was 

designed which simply-supported the panel along a l l  four edges and allowed 

alignment o f  the panel during ioadiny t o  +?sure uniform s t ra in  across the 

width o f  the panel during test ing.  The simply-supported boundary condi t ion 

was chosen f o r  experimental tes t ing  because i t more closely represents 

conditions actual shu t t le  bodyflap panels w i l l  experience. A t  least  three 

panels of each core 'hickness were tested a t  room temperature and resu l ts  were 

cowared wi th  analy t ica l  predict ions o f  f a i l u r e  mode and load. 

instrumented w i th  s t r a i n  gages on each facing t o  monitor s t ra in  un i formi ty  

Ecross the width o f  the panel and t o  determine the onset o f  overal l  buckl ing 

and, if possible, facing wrinkling. The Moirg f r inge method was also used t o  

he:p predic t  the onset o f  buckling and wr ink l ing and t o  determine the buckled 

mode shape of the panels. Kr dledge o f  Lhe mode shape c.)uld help assess how 

well the tes t  f f x tu re  simulated the desired simply-suppwted boundary 

conditions. Qual i ty -contro l  standards for fabr icat ion o f  the panels were very 

Panels were 
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high t o  r i n i r i r e  scatter i n  experimental data. .. A co lp lc te  descript ion of  

procedures used to  fabricate the buckling specimm, including quality ccmtrol 

and inspection ppocedums, is presented i n  Appendix A. 

3.2 Specimen h i m  

A c q u t e r  progran was wr i t ten  t o  deternine the elements o f  the [A], [SI, 

and EO] matrices for the qcasi-isotropic, symet r ic  Gr/PI facings and 

sandwich based on laminate theory presented i n  Appendix 8. The progkam used 

overal l  burkl ing equations of Appendix C, r i n i a i z i n g  w i t h  respect t o  I and n, 

t o  predict overal l  panel buckling load (assuming both i n f i n i t e  arid f i n i t e  core 

shear st i f fness); the loca l  i n s t a b i l i t y  equations of Appewtix D wem used t o  

predict  local  i n s t a b i l i t y  rrodes and associated loads. Results ere Corpuzed 

f o r  various p l y  thicknesses, core thicknesses, and operating tenperatures. 

Laminate material properties and property var iat ion u t t h  respect t o  

teinperature, used i n  the design o f  tk buckling specimens, wee  obtained from 

references 39 and 40. theycomb core materig1 properties were obtained fm 

reference 19. Various cores and core thicknesses (0.635 t o  2.54 an (0.25 t o  

1.00 in.)) and panel lengths and widths (10.2 t o  122 cm (4.0 t o  48.0 in.)) 

were analy t ica l ly  investigated at  various tenperatures (roan temperature t o  

B9K (6OOOF)) and design envelopes, t yp i f i ed  by f igure 17, were determined. 

Preliminary studies o f  structural  loads on the shutt le bodyflap (ref. 18) 

indicate that a b iax ia l  state-of-stress i s  present. Based on the; low 

magnitude and b iax ia l  nature o f  stresses, mininun gage, syinnettic laminates of  

[0,+45, - "11, Gr/PI here chosen f o r  the facings of  the sandwich skin of the 

bodyflap. Since the laminate or ientat ion of  the facings i s  quasi-isotropic, 

the average e last ic  modulus, E, or cy as calculated in Appendix B, was used 

for th.2 'acing modulus, Ef, i:a ,uations i n  Appendix De Results o f  c r i t i c a l  

stress as a function o f  core thickness r -?  sumc,? ply  thickness of  O.O!l76 



cm (0.003 in.) a m  shown i n  figure 17. Only balanced-sylrwtric-larinates were 

considered i n  the present invest igat ion t o  prevent laminate warpage &ring the 

cure cycle caused by bending-stretching coupling terms (nonzero [8] m a t r i x  of 
the matertal). )(on-symetric lar fnates such as [O,+rS, 903 h l d  be 

fabricated and forced f l a t  and bonded sytmetr icr l ly  with -respect t o  the 

c e n t e r l i w  of the core. This m i l d  reduce the mass o f  the panel and could 

8)ossibly be su f f i c ien t  t o  accarodate the low loads predicted fo r  the 

bodyflap. Analysis techniques would have t o  be qeneralized t o  include 

anisotropic facings as was done i n  reference 25. Because of fabr lcat lon 

uncertainties, however, non-symetric laminates were not considered for 

experimental study. Thin-gage C e l i m  3COO material would present a 

substantial mass savings over the Celion 6000 material and, hence, was used t o  

fabricate the buckllng specinens. 

3000 laminates was 0.007 

for Celion 6000. The lowest density comerc ia l ly  avai lable core rrhich could 

function s t ructura l ly  a t  589K (600°F) i s  e i ther  Hexel HRH-327-3/16-4 or  WH 

-327-3/8-4 Glass/Pi which has a mass of  64 kg/n3 (4 Ibm/ft3) and e i ther  a 0.48 

cm (3/16 In.) or a 0.95 cm (3/8 in.) c e l l  s i z e  respectively. C r i t i c a l  

dimpling stresses of the honeycomb core wi th the larger c e l l  size were lower 

and, hence, design envelope curves Indicate that overa;l buckling, dimpling, 

laminate strength, or wink ing  could k c r i t i c a l  f a i l u r e  modes depending on 

scatter i n  mater a1 properties and di f ferent analysis techniques. 

desirable t o  ver fy  as many ana l j t i ca l  predictions f o r  various fa i l u re  modes 

as POSSible, the honeycomb core wi th the 0.95 cm (3/8 In.) ce l l  s ize  was 

chosen. A panel slre of  30.5 x 30.5 cm (12 x 12 in.) wus adequate t o  

investlgate several fa i lu re  modes. 

Average thickness-per-ply o f  the Cel ion 

(0.0028 in.) as conpared t o  0.0166 an (0.0065 in.) 

Since i t  i s  

End fa i lures I n  composite compressfon specimens are c m o n  because o f  the 

very s t i f f  and highly direct tonal  nature o f  composite s a t e r i a l  which czn leed 
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t o  l a w  local  stre-s concentrations. 

b m i n g  can occur because of  umven fiber lengths a t  the loaded end which 

causes a loca l  fannfng-out o f  the edges. The honeycomb core near the loaded 

ends o f  the specimens r a t  potted w i t h  BR-34 l l g u i d  poly in ide adhesive and 

tapered m d  tabs o f  [+-4S], glass/PI were bonded a t  each end t o  prevent local  

end fa i lu res  such as core crushing or ewl b m i n g ;  scalloped doublers were 

bonded beneath the end tabs t o  enhance load d i f fus ion  i n t o  the panel and help 

reduce stress concentrations. A stainless-steel sheet was erbedded i n  the 

BR-34 po t t ing  a t  each end t o  a l i gn  the specimens - in the k n i f e  edges. 

Ladnates ere bonded t o  the core and end tabs and doublers were secondary 

bonded using Ft4-34 f i l m  adhesive. Figure 18 shows a completed buckling 

specislen; de ta i l s  o f  specimen manufacture are given in  Appendix A; detdi lS o f  

s ign i f icant  panel parameters are l i s t e d  i n  Table 6. 

3.3 Test Apparatus and Procecbres 

In addition, a phenollensn known as end 

3.3.1 Apparatus 

I t  was decided that siaply-supported edges would be a more r e a l i s t i c  

boundary condition for the tes t  panels since it represents conditions actual 

panels on the shutt le bodyflap w i l l  probably experience. Simulating 

sinply-supported edge conditions i n  the laboratory, k v e r ,  i s  a d i f f i c u l t  

task as noted i n  references 25 and 29. A tes t  f ix ture,  s imi lar  t o  that o f  

reference 25, was fabricated t o  simply-support a l l  four edges of  the sandwich 

panel and a l low alignment of a loaded panel t o  insure uniform s t ra in  across 

the panel during testing. 

each of the potted ends o f  the panel, f i t  i n t o  stainles steel supports which 

f i t  i n  V-groove blocks as shorin i n  f igure 19a; side supports are i l l u s s a t e d  

i n  f igure 19b. The V-groove blocks fit in to  adjustable end load ng heads 

which were attached t o  the hydraulic load machine. The end load ng heads 

The stainless-steel str ips,  which were embedded i n  
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contained a f l a t  stainless-steel bar which was used t o  a l tqn the specimen 

l a t e r a l l y  with the a id  o f  a l igning screws as shown i n  f igur\e 20. The sides uf 

the panel were sinply supported By kn i fe  edges which were supported by 

2-section steel  beans as shown i n  f igures 1% and 20. The side supports 

maintained a re la t i ve l y  snug fit against the panel because o f  the high degree 

o f  f latness o f  the panels as discussed i n  Appendix A. Hawever, because of  t:ie 

raised scalloped doublers the side supports could not extend the complete 

length o f  the panel. The 2-section beam were braced so that  motion of the 

side supports was -restrained. The knife-edges o f  the side supports were 

bolted snuggly i n  place a t  two !=ations on two sides as s h m  i n  the 

schemkic o f  f igure 19b and as p a r t i a l l y  shown i n  f igure 20. The side 

suppdrts Here positioned 1.27 CRI (0.5 in.) from each side edge making the 

simply supported pane? dimensions 30.5 x 30.5 cm (12 x 12 in.). 

A 222KN (50 Kip) MTS hydraulic load machine Was used t o  conpress the 

panels. A mercury vapor l ight  source was used i n  conjunction wi th a 

photographic l i n e  g r id  having a pitch, p, o f  17.7 l ines/an (50 l ines/in.) t o  

determine out-of-plane panel displacements, w, and mode shapes using the 

Grid-Shadow Mol& technique as discussed i n  references 41 and 42 and i n  

section 3.3.3. A Mikon F2AS camera was used t o  photograph the panels during 

loadfng. The camera was positioned perpenaicular t o  the sandwich panel and 

the l i g h t  source formed on angle of  30 degrees with that  perpendicular. 

3.3.2 Instrumentation and tes t  procedure 

The panel was instrumented with 12 single, f o i l - t ype  s t ra in  gages and two 

45-degree s t ra in  rosettes, m i  cro-measurements WK-03-125AD-350 and 

WK-03-MO-WR-350 respectively, as shown schematically i n  f igure 21. The 

posi t ionin? of the gages allowed measurement o f  longitudinal s t ra in  

d is t r ibut ions across the panel width, on each facing, and along the length o f  
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t he  panel. Back-to-back longi tudinal  s t r a i n  gages were posit ioned a t  f i v e  

points on the panel ( four corner points and one cen t ra l l y  located one). The 

purpose of  the back-to-back gages was t o  detect bending of the panel ana +r) 

determine the buckl ing load and possibly the wr ink l lng load. The data 

acquis i t ion system used t o  reduce and store data i s  ident ica l  t o  that  

mentioned i n  section 2.3. 

The hydraul ic t e s t i n g  machtne *-#as operated i n  a displacement control mode 

a t  a ra te  o f  approximately 0.020 cm/sec (@.(lo8 in./se:-: a i d  s t r a i n  --;ns were 

scanned approximately every three seconds. Raw data kiis converted t o  

engineering units, pr in ted i n  real  time and stored on disk. Gages were 

balanced p r i o r  t o  test tng using Wheatstone bridge c i r c u i t s  as i n  section 2.3. 

Panels were loaded up t o  approximately 50 percent o f  f a i l u r e  load, s t ra ins 

across the panel width were monitored and necessary adjustments i n  alignment 

were made using the adjustable screws shown i n  f i gu re  20. The panel was then 

unloaded and the Moir6 g r i d  positioned i n  f ron t  o f  the specimen. 

were then zeroed and load was applied t o  the specimen. 

Strain gages 

3.3.3 The Shadow - Moir6 method 

The shadow Moire method i s  a technique f o r  measuring the out-of-plane 

deformations, w, o f  a specimen. A reference l i n e  g r i d  i s  positioned i n  f ron t  

o f  a specimen and e i the r  a coll imated or point  l i g h t  source i s  shown through 

the reference grating, producing a shadow g r i d  on the specimen. The shadow or 

specimen g r i d  w i l l  be d is tor ted by the out-of-plane depth of  the surface, and 

when it i s  viewed together wi th  the referent? g r i d  by eye or  camera, M o i r i  

f r inges are created which represent the topology o f  the surface. 

I n  the present study a reference g r i d  having a p:tch, p, o f  19.7 lines/cm 

(50 l ines/ in.)  was positioned about 0.318 cm (0.125 in.) from the f ron t  face 

of  the panel and para l le l  t o  it with l ines  running i n  the lengthwise 

direct ion. The f r o n t  face of each panel was painted white t o  enable the 
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shadow g r i d  t o  be visible. A mercury vapor l i g h t  source was positioned at  MI 

angle o f  30 degrees t o  the normal o f  the reference grid. This angle of  

incidence o f  the l i g h t  source was governed by the side s inple supports khich 

caused large shadows over the specimen a t  higher angles o f  incidence. The 

approxitnate sens i t i v i t y  of the technique can be calculated using the following 

equation 

w = p/tan u (4)  

where p i s  the p i t ch  of the reference grid, a i s  the angle o f  incidence of  the 

l i g h t  source, and the inininurn f r inge order i s  assumed t o  be 1. This equation 

assumes the camera t o  be positioned perpendicular t o  the plane of  the 

speciinen. With the arrangement o f  the present apparatus the sens i t i v i t y  i s  

approximately 0,088 cm (0.035 in.). A more detai led descript ion o f  the Moir6 

technique can be found i n  references 41 and 42. 
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CHAPTER I V  

RESULTS OF BUCKLING TESTS 

Two modes of panel f a i l u r e  were discernable fm experimental resul ts:  

wr ink l ing and overal l  buckling. Specimens with a core thickness, ka o f  

approximately 0.635 c n  (0.25 in.) f a i l e d  by overal l  buckl ing and a l l  other 

specimens, having nominal core thicknesses of 1.27, 1.91, and 2.54 cm (0.5, 

0.75, and 1.QO in.)$ f a i l e d  by wrinkling. None o f  the panels tested f a i l e d  by 

e i the r  laminate strength, dimpl ing, or  shear crinlping. The shadow-Hoir-6 

method was useful i n  determining nlode shapes of the overal l  buckl ing specimens 

but was not able t o  determine wr ink l ing mode shapes because o f  the high 

s t i f f ness  and b r i t t l e  nature of the Gr/PI facings and hence, the r e l a t i v e l y  

small out-of-plane displacements. A reference grtd d i t h  a smaller pitch, p, 

could increase the s e n s i t i v i t y  of the Moir6 method and thus possibly enable 

smaller deflect ions t o  be discernable but t h i s  was not attempted i n  the 

present investigation. 

4. 1 Wrinkling Specimens 

Signi f icant panel parameters, re lated t o  the fabr icat ion and qua l i t y  o f  

the wr ink l ing and Dverall buckling specimens, are presented i n  Table 6. 

Facing and t o t a l  sandwich pallel thickness measurements were made a t  various 

panel locations and i n i t i a l  panel waviness, 6 ,  was measured as explained i n  

Appendix A. Because o f  good fabr icat ion and qual i ty  control prccedures the 

panels were consisteqt i n  dimensimal and material properties. Average 

thickness-per-ply o f  a l l  wr inkl ing specimens was 0.0071 un (0.0028 in. ) wi th  

maximum var iat ions i n  t o t a l  laminate (8 p l i e s )  thicknesses averaging only 

0.00451 cm (0.00178 in.); average var ia t ion i n  t o t a l  sandwich panel 

thicknesses was only 0.0059 cm (0.0023 in.). Maximum panel waviness, 6maxm 

averaged only 0.0097 cm (0.0038 in.). 
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Results o f  longi tudinal  s t r a i n  uni formity across specimen width are 

presented i n  f igures 22a and b f o r  tw values o f  applied load. The adjustable 

t e s t  f i x t u r e  was useful i n  el iminat ing large s t r a i n  var iat ions caused by 

l a t e r a l  misal igment, s im i l a r  t o  t e s t  f i x t u r e s  used i n  references 25 and 29. 

Strains were f a i r l y  uniform across the width of the panel as showr, i n  f igure 

22. However, s l i g h t l y  higher s t ra ins and s t r a i n  var iat ions do occur at  the 

edges o f  the panels as was also noted i n  reference 25. Trends i n  s t r a i n  

d i s t r i bu t i ons  a t  the low load l e v t l ,  44,480N (10,000 lb f ) ,  were s im i la r  t o  

trends a t  the higher load level  o f  88,960N (20,OOO lbf ) .  There were r#) 

consistent trends i n  s t r a i n  d i s t r i bu t i ons  from panel t o  panel, however, most 

of the wr inkl ing specimens d i d  f a i l  near the end of the side simple supports 

where s l  i ght l y  higher s t r a i  ns were recorded. 

Longitudinal back-to-back s t ra ins as a function of stress were calculated 

f o r  each pos i t ion on the panel as shown i n  f igure 21. Results o f  several 

tests  (panel numbers 75010 and 75012) are presented i n  f igures 23a and b. 

Back-to-back s t r a i n  var ia t ion wits usually lowest i n  the center o f  the panels 

(X=Y=O).  

f i gu re  23b f o r  panel number 75012. These i r r e g u l a r i t i e s  i n  slope occur a t  too 

low a load t o  be considered t o  be an ind icat ion o f  wr inkl ing o r  some form o f  

local  i n s t a b i l i t y  as mentioned i n  reference 25. The i r r e g u l a r i t i e s  i n  the 

present study were possibly caused by some inteference or in teract ion o f  the 

tes t  f ixture. Material behavior was s l i g h t l y  nonlinear t o  fa i l u re ,  s imi lar  t o  

resul ts  of the four-point f lexure tests  as noted i n  Chapter 2. Back-to-back 

stress -vs.- s t ra in  data could not predict  the onset o f  local  buckl ing 

I r r e g u l a r i t i e s  i n  slopes were noted i n  some specimens as shown i n  
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(wrinkling); an attenpt t o  use the force st i f fness method o f  reference 43 t o  

predict  wr inkl ing was unsucccessful, a l l  panel fa i lures were abrupt with no 

indicat ion o f  local i ns tab i l i t y .  

both sides o f  a facing extensively p r i o r  t o  bonding t o  the core In order t o  

calculate facing bending strains and predict local  buckling using the force 

s t i f fness method. Modulus values a t  0.2 percent strain, maximun back-to-back 

s t r a i n  var iat ion at  0.6 percent strain, theoret ical  wr inkl ing stress, and 

experimenta! u l t imate stress and s t ra in  values o f  each panel are presented i n  

Table 7. Maximum bdck-to-back s t ra in  var iat ion was f a i r l y  low considering the 

size and complexity o f  the sandwich panels. Coinpressive modulus values a t  0.2 

ptrcent s t ra in  o f  the sandwich panels which used Celion 3000 material were 

s l i g h t l y  higher than resul ts o f  beam tests which used the Celion 6000 

m3terial; the average modulus o f  a l l  wr inkl ing specimens i s  53.9 GPa (7.82 x 

lo6 ps i )  as compared t o  48.95 GPa (7.10 x lo6 ps i )  obtained using the 

four-point beam flexure test  method. Since the f i b e r  volume f rac t i on  o f  the 

beam specimens was higher than the buckling specimens (72 percent compwed t o  

approximately 61 percent) it appears that  the thinner gage Celien 3000 

material d id  not experience any degradation i n  modulus. 

It would probably be necessary t o  instrument 

Results o f  repl icate tests indicate that  scatter was low. Scatter i n  

c r i t i c a l  wrinkl ing stress ranged from a minimum o f  7.6 Mpa (1.1 k s i )  f o r  the 

1.27 cm (0.5 in.) specimens t o  a maximum o f  89 Mpa (13 k s i )  f o r  the 2.54 cm 

(1.00 in.) specimens. 

t o  29- percent respectively Hhen compared t o  average c r i t i c a l  stress values. 

From Tables 6 and 7 some trends i n  results are evident: 

This a - m n t s  t o  a range from minimum t o  maximurn of  1.7- 

1) average fa i l u re  stresses of the wrinkl ing specimens decrease as core 

height, tc, increases. This Is characterist ic ob a wrinkl ing o r  

local buck1 ing type o f  i ns tab i l i t y .  Average fa i lure stresses were 

452, 354, and 311 MPa (65.6, 51.4, and 45.1 k s i )  f o r  the 1.27, 1.91, 

and 2.54 cm (0.5, 0.75, and 1.0 in.) th ick cores respectively. 
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2) specimens wi th  higher t o t a l  facing thicknesses had higher f a i l u r e  

loads, however, these specimens d i d  not necessarily have higher 

f a i l u r e  stresses. Th s i s  because the th icker  facings had a lower 

f i b e r  volume f r a c t i o n  Yf, because not emugh excess res in  was 

removed during the consol i da t i on  phase o f  laminate fabrication. That 

3) average f a i l u r e  s t ra ins were 0.87, 0.71 and 0.63 percent for  t he  

1.27, 1.91, and 2.54 cm (0.5, 0.75, 1.0 in.) t h i c k  core panels, 

respectively. 

panels wi th  the largest value o f  i n i t i a l  waviness, &ma,, had the 

1 owest u l  t imate 1 oad. 

5) u l t imate s t ra ins o f  the wr inkl ing specimens were well below u l t imate 

laminate s t ra ins as calculated from the beam tests. 

4) 

As mentioned ear l ier ,  most o f  the wr inkl ing specimens f a i l e d  close t o  the 

Fai lure o f  a 1.27 cm (0.50 in.) panel end of one o f  the side simple-supports. 

i s  i l l u s t r a t e d  i n  f igures 24a and b; the f a i l u r e  extends across the panel 

t o  the top o f  the l e f t  side simple support. The fa i l u res  were perpendicular 

t o  the d i rect ion o f  load. Wrinkling f a i l u r e  was most noticeable i n  the 1.27 

cm (0.50 in.) specimens i n  which the facings separated from the core due t o  a 

t ens i l e  f a i l u r e  o f  the adhesive. 

i l l u s t r a t e s  the outward buckling of  the facing; the panel was cut along the 

dashed l i n e  o f  that  f igure t o  fur ther  i l l u s t r a t e  the tens i l e  f a i l u r e  o f  the 

adhesive which was precipi tated by wrinkl ing ( f ig .  25b). 

view o f  two d i f ferent  panels (ec = 1.27 cm (0.50 in.))-  

from the side views whether the fa i l u res  were symnetric or antisymnetric, 

however, 1a:ninate fa i l u res  on e i ther  facing were s i m i l a r  which suggests that  

f a i l u res  were symnetric. This agrees with resul ts o f  references 25 and 44 

which indicate that  for  honeycomb cores, where the modulus of  the core i n  the 
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Figure 26 i s  a side 
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d i rec t i on  o f  the load 4s much less than the modulus o f  the core i n  the 

d i rec t i on  perpendicular t o  the facings, symnetric wr ink l ing  w i l l  occur a t  a 

lower load than tha t  f o r  antisymnetric wrinkling. 

4.2 Overall Buckling Specimens 

Experimental resu l ts  o f  overa l l  buckl ing  specimens are presented i n  Table 

8 and f igures 27a, b, c, and d. The experimental method used t o  predict  the  

c r i t i c a l  overa l l  buckl ing stress was t o  determine the stress associated wi th  

the maximum extreme f i b e r  s t r a i n  on the convex side o f  the buckled panel. 

This method was chosen, as was done i n  reference 25, over other methods such 

as stress -vs.- bending s t r a i n  and stress -vs.- average compressive strain.  

The specimens exhibited a very short post buckling region as evidenced from 

the experimental resu l ts  o f  Pcr and P,lt as shown i n  Table 8. 

o f  Per, P u l t ,  acr, and airit were 95.43 kN (21,453. l b f ) ,  100.4 kn (22,574. 

l b f ) ,  251.5 MPa (36.48 ks i ) ,  and 264.8 MPa (38.4 k s i )  respectively. 

i n  Pcr, P u l t ,  a'., and aul t  was 40-, 36-, 33-, and 28- percent respectively 

when compared t o  average values. 

number 7251 the temperature cont ro l le r  o f  the oven which was used t o  cure the 

polyimide s t r a i n  gage adhesive caused a temperature overshoot t o  occur. This 

panel, therefore, experienced temperatures i n  excess o f  the laminate cure 

temperature which probably resul ted i n  considerable material property 

dey-adation, hence, the low c r i t l c a l  and u l t imate loads and stresses. 

t es t  i s  neglected i n  the resul ts,  average values o f  FCr, Pult,  acr, and O u l t  

a r e  101.9 k N  (22,903. l b f ) ,  106.3 k N  (23,897. lb f ) ,  264.1 MPa (38.3 ks i ) ,  and 

275.5 MPa (39.96 k s i )  respectively and corresponding scat ter  i s  21-, 20-, 21-, 

and 20-percent. Coinparison o f  experimental and analytica: resul ts  i s  

presented I n  the next section. 

Average values 

Scatter 

However, during instrumentation o f  panel 

I f t h i s  
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Simi lar  t o  resu l ts  o f  re f i rence 25, a l l  o f  the overa l l  buckl ing specimens 

f a i l e d  on the concave side o f  the specimen i n  a t yp i ca l  compressive f a i l u r e  

mode. Most of the specimens fa i led  i n  the center, a l l  the fa i l u res  were 

perpendicular t o  the d i rec t i on  o f  load as shown i n  f i gu re  28. The Moire 

method was useful i n  v isua l i z ing  the deflected mode shapes o f  the specimens 

and determining how e f fec t i ve  the mechanism f o r  simply supporting the panels 

was. Panel number 7256 was the only specimen which f a i l e d  near a simple 

support. Photographs o f  ,Moire' f r i nge  patterns o f  panel 7256 indicated tha t  it 

d i d  not deform symmetrically i n  h a l f  sine waves i n  the length and width 

direct ior ls as expected. The out-of-plane deformation o f  panel 7256 w i t 1 1  

icnreasing load i s  i l l u s t r a t e d  in  f igures 29a, b, c, and de As shown, the 

peak out-of-plane deformation occurs i n  the upper r i g h t  hand por t ion  o f  the 

specimen. This panel eventually f a i l e d  near the lower l e f t  hand simple 

support. MoiG f r i nge  patterns o f  specimen 7251 are shown i n  f igures 30a 

through d f o r  increasing load. As shown, the maximum out-of-plane 

displacement does occur i n  the center o f  the panel. Displacements seem t o  be 

symmetric i n  the longi tud ina l  d i rect ion,  however, non-zero displacments appear 

t o  occur near the r i g h t  handside simple support. Since the panel was clamped 

snugly a t  t h i s  support i t  was thought that  t h i s  discrepancy could possibly be 

explained by some s o r t  o f  panel o r  reference g r id  motion r e l a t i v e  t o  one 

another. Displacements do occur a t  the corners o f  the panel , however, since 

the simple supports do not extend the t o t a l  panel length. As the panel 

approaches fa i lu re ,  mode shapes tend t o  be nons,ymnetric ( f i g .  30d). As 

mentioned i n  reference 25, i t  i s  very d i f f i c u l t  t o  simulate t rue  

simply-supported boundaries when the buckled mode shape occurs a t  m=n=1 01' the 

buckled shape i s  hal f  a sine wave i n  the length and width direct ion. 

28 
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higher the number o f  waves i n  the buckled pat tern thb lower the e f fec t  the 

exactness o f  the boundary conditions has on the behavior o f  the specimen. 

4.3 Cmparison o f  Analyt ical  and Experimental Results 

The analysis assumes the fo l lowing room temperature un id i rec t iona l  

materi a1 properties : 

E l l  = 133 GPa (19.3 x lo6 p s i )  

E22 = 9.10 GPa (1.32 x l o 6  p s i )  

p i 2  = 0.37 

~ 2 1  = 0.025 

612 = 5.58 GPa (0.81 x l o 6  p s i )  

= 0.345 GPa (50 x l o 3  p s i )  

= 0.200 GPa (29 x l o 3  p s i )  

= 0.083 GPa (12 x lo3 p s i )  
GCXZ 

G 

Fc = 3.45 MPa (500 p s i )  
cYZ 

- - 
From the laminate theory presented i n  Appendix B b  Ex = 

(7.538 x l o 6  p s i )  and iXy 0.3075. 

resul ts  from the sandwich beam f lexure tests  i n  which the average modulus, Ex 

= 48.95 GPa (7.1 x l o 6  p s i )  and iw = 0.347. 

quasi-isotropic, symet r i c  ([O,+45, gals), A16 and A26 coup1 ing terms were 

i den t i ca l l y  zero; the D16 and D26 coup1 ing terms were negl ig ib le .  Analyt ical 

resul ts,  assuming a lamina thickness o f  0.0076 cm (0.003 in.), are presented 

i n  Table 7 and 8 and i n  f igure  31 and are compared w i th  experimental resul ts t  

The overa l l  buckling analysis described i n  Appeqdix C, which included the core 

shear f l e x i b i l i t y ,  agreed well wi th experimental overal l  buckling results. 

= 51.97 GPa 

These resu t s  agree with experimental - 

S nce facing laminates were 
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Average experimental overa l l  buckl ing stress (neglecting resu l ts  o f  panel 

7251) was 264 MPa (38.3 k s i )  compared exaeely with the ana ly t i ca l l y  predicted 

overa l l  buckling stress. trum experimental wr ink l ing  resu l ts  i t  appears that  

equations 0.5 and 0.8 were unconservative and impractical t o  use from a design 

standpoint. Equation 0.4 was conservative i n  i t s  p red ic t ion  o f  symnetric 

wr inkl ing loads 

imperfections can be measured accurately equation D.6 would give a closer 

approximation t o  maximum wr ink l ing  loads. 

D.6 and assuming 6,ax=Oo.3’ cm (O.nO4 in.) were 7-,26-, and 32- percent higher 

than experimental resu l ts  f o r  the 1.27, 1.91, and 2.54 cm (0.5, 0.75, and 1.0 

in. ) th ick  cores respectively. 

and i s  useful f o r  design purposes, however, if panel 

Wrinkling resu l ts  using equation 
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CHAPTER V 

SUI4ARY AI0 cowcLusIoNs 
5.1 General 

The potential economic gain frun structural-aass savings i n  the design o f  

reentry spacecraft with thermally insulated surfaces and o f  high speed 

a i r c r a f t  i s  great due t o  the k igh operating cost and weight sens i t i v i t y  of 

such vehicles. Considerable redvetions i n  the mss o f  a reusable ce 

transportation system such as space shut t le  can be real ized by the d rect 

replacement of i t s  aluminuai sub-structure with an advanced c q o s i t e  such as 

graphitejpolyimide (Gr/PI); an even greater savings i n  insulat ion ma s i s  

possible because o f  the higher use teaperature of Gr/PI. 

savings as high as 25-percent prompted a study, the purpose of which was t o  

design a conposite bodyflap f o r  the shutt le orbiter. 

Predictions i n  mss 

The purpose o f  the present study was t o  investigate the buckling 

behavior, local  and general, o f  G r / P I  sandwich panels capable of use a t  

teweratures ranging from 116 t o  589K (-250 t o  600°F) as the sanrhrich skin o f  

the shutt le bodyflap. The study investigated adhesive and facing material 

properties and eva? uated buck1 i ng f o r m l  as f o r  predict ing ? oca1 and general 

sandwich panel i ns tab i l i t i es .  Flatwise tens i le  specimens were tested a t  116, 

R.T., and 589K { 150, R.T., and 6OOOF) t o  determine a cure cycle f o r  FM-34 

which wmld produce a high-strength adhesive bond and t o  investigate the 

poss ib i l i t y  o f  using a l i q u i d  cell-edge version c f  that  adhesive, BR-34, which 

coul . save additional adhesive mass. Results of  the bond study include a 

fabrication technique f o r  adhesively bonding sandwich structures and an 

adhesave cure cycle which produced f latwise tens i le  strengths i n  excess of 3.4 
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l4Pa (SO0 psi )  a t  t16K and R.T. (-250% and R.T.) and 1.4 NPa (200 p s i )  a t  S89K 

(60OeF). Results also indicated that a l iqutd c e l l  edge adhesive can resu l t  

i n  considerable panel mss w i n g s  (10 percent) without necessarily 

sac r i f i c i ng  bond strength, however, f u r t h e  *search i s  necessary since 

f latwise tensf le  strengths using BR-34 were not consistent. Sandwich beam 

specimens were tested i n  four-point bending t o  de te rn lm facing tens i le  and 

coapressive material properties a t  116 R O T . ,  and 589K-[-SO R.T., md 600'F). 

The test  facing o f  the beam was a [0,+45.90,-45]s laminate o f  rallon/PIIR-15 

and the opposite face uas the sdme rnaterisl with additional O-degree layers 

[02,+45.90,-4S]s. !:derage ul t imate strengths were s l i g h t l y  higher i n  

conpression than tension f o r  each test  temperature. Average 100111 t eqe ra tu re  

tens i le  ult imate stretiqth i s  450.6 Wa (55.36 ksi).  Average tens i l e  u l t imate 

strengths a t  l l6K (-250°F) increased by 8.5-percent over mom temperaturn 

values and strengths a t  589K (60OOF) decmas~! by 43 percent. A v m g e  

conpressive ult imate strengths at  116 mi 589K (-250 and 600OF) increased and 

decreased respectively by 13.3- and 41.2-percent over roan temperatun 

values. Modulus values o f  G.2-percent s t ra in  d id  not vary mch k i th  

ternperature and remained about 52 GPa (7.5 x IO6 psi). Results o f  the 

sandwich beam f lexure tests indicate that Celion/PI i s  a usable structural  

material f o r  shwt-term use a t  teweratures from 116 t o  589K (-250 t o  COQOF). 

f l a t  rectangular horreycoinb sandwich panels were simply-supported about 

a l l  four edges (30.5 x 30'5 cm (12 x 12 in.) i n  size) and tested i n  edgewise 

compression. Core thickness was varied t o  determine the f a i l u r e  envelope of 

such panels resul t ing from e i ther  a local or general faiium mode and t o  

evaluate buck:!ng formulas used t o  predict failure. Two modes o f  panel 

f a i l u re  were discernable froin experimental results, wr inkl ing and o v e r r l l  
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buckling. As predicted anal. &ally, specilnens with a core thickness of 9.635 

CUI (0.25 in.) f a i l e d  by overal l  buckling and a l l  other specimens, having 

nominal core thicknesses of 1.27, 1.91, and 2.54 CUI ;(0.5, 0.75, and 1.00 in.), 

f a i l e d  by wrinkling. The shadow %ire' method was useful i n  determining d e  

shapes of the overal l  buckling specinens but was not able t o  detect wrinkling. 

Results o f  the wr ink l ing tests  indicated that  several analyt ical  methods 

were unconservative a d  therefore not sui table for design purposes. Most of  

the w i n k l i n g  specimens f a i l e d  near side-sinple supports. The f a i l u m  mode 

appeared t o  be syn8netric w i n k l i n g  with faiures occuring because o f  tens i le  

rupture o f  the adhesive. Soase trends i n  wr ink l ing resul ts  are: 

1. average fa i lu re  stresses of the wr inkl ing specimens decrease as core 

thickness increases and are 452,354, and 311 MPa (65.6, 51.4, and 

45.1 k s i )  f o r  the 1.27, 1.91, and 2.54 cirl (0.5, 0.75, and 1.0 in.) 

th ick cores respecti vely. 

2. facings with the highest f i b e r  volume f rac t ion  had the highest 

modulus. 

panels with the largest value of  i n i t i a l  waviness had the lowest 

ult imate load. 

3. 

The average experimental buckling stress o f  the 1.27 cm (0.25 in.) th ick 

specimens was 265 MPa (38.4 k s i )  and compared exactly wi th analysis. 

the overa l l  buckling specimens except one fa i led i n  the center on the concave 

A l l  of 

facing by conpressi on. 
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5.2 Susqested Furthe’r Research 

Additional ~ r k ,  both experimental and analyt lcal,  i s  necessary t o  

evaluate wr lnk l ing and overal l  buckling of  sandwlch panels which are 

symet r lc  about the core center l ine but whose facings a m  anisotropic i n  

nature. This would be necessary, f o r  In~tance, t o  analyze unsynmnetric 

four-ply facings ([0#95,w]) whlch are bonded symnetrically about the 

honeyconh centerline. Manufacture o f  such a sandwich night S 8 t i S f y  

bodyflap loads and resul t  i n  considerable mass savings. Developrnent of a 

l i q u i d  cell-edge adhesive, such as BR-34, has the potentfa1 for reducing 

panel mass by 10-percent and should be also investigated further. 

addition, buck1 lng analysis o f  sandwich panels subjected t o  b iax ia l  

mechanical and thermal loads i s  necessary. 

I n  
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APPENDIX A 

FABRICATION OF TEST SPECIMENS 

A. l  Flatwise Tensile and Sandwich Beam Specimens 

I n  order t o  insure that the fabr icat ion procedures could be used t o  

manufacture fu l l -sca le structures i n  exfs t ing aerospace industry f a c i l i t i e s ,  

l i m i t s  o f  2.1 Wa (300 ps i )  and 6K/min (lO°F/min.) were imposed on the maximum 

pressum and heat-up rate that  could be used. 

A.l.l Laminate fab r i ca t i on  

The G r / P I  material i s  prvcompacted p r i o r  t o  cure t o  m v e  excess solvent 

and resin. The prepreg i s  l a l d  up i n t o  the proper laminate orientat ion, 

weighed t o  the nearest 0.lg (0.0002 lbm), and a perforated t e f l n n  coated 

f iberglass release c l o t h  i s  placed on the toy and bottom of  the laminate as 

shown i n  f i gu re  32. Bleeder wper  i s  then applied t o  each side of  the 

assembly. A t h i n  film o f  nylon i s  applied t o  an aluminum caul p la te  and the 

laminate dsseinbly i s  placed an the rqlon. A 0.305 cm (0.12 in.) t h i c k  mi ld  

steel upper cau! sheet i s  then placed on top of the laminate t o  provide a 

sinooth upper mold surface during precompaction. 

are placed unto the steel caul p la te  and the assembly i s  vacuum bagged with a 

3.01 cm ( 0 . 0 4  in.) th ick f i l m  of nylon. The seal between the vacuu.n bag and 

the aluminum caul p la te  i s  provided wi th  a conventional l o w  temperature 

polytutadiene s t r i p  sealant. 

ascertain the i n t e g r i t y  o f  the vacuum bag hnd seals. 

Two layers of  bleeder paper 

The assembly i s  then placed under vacuum t o  

Laminates were B-staged by p u l l i n g  a vacuum of 25.4 cm of  Hg (10 in. o f  

The vacuum Hg) and holding a temperature of 493 K (410°F) for two hours. 

pressure vas maintained and the laminate was cooled t o  339 K (150°F) a f t e r  

which the vitcuurn was released and the laminate allowed t o  cool t o  room 
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temperature. Following B-staging the laminates were vacuum bagged and, as 

shown i n  f igure 33, subjected t o  a vacuum of 71 an o f  Hg (28 in. o f  Hg) which 

was maintained throughout the cure cycle. An i n i t i a l  external pressure of 

1.03 @a (150 ps!) :;as applied t o  the bagged laminate during which the 

temperature was raised t o  522 K (480°F) a t  a ra te o f  1.7 Umin (3"F/mfn.). 

The external pressure was then increased t o  1.72 Wa (250 ps i )  and held f o r  30 

minutes. Af ter  th i r ty  minutes the temperature was raised t o  603 I( (625OF) and 

held f o r  three hours. The laminate was cooled, under combined vacuum and 

pressure, a t  a r a t e  of  2.8 K/rin (S°F/min) t o  339 K (150°F). The vacuum and 

pressure *re released and the laminate allowed t o  cool t o  room temperature. 

A l l  laminates were fabricated i n  an autoclave. A f te r  fabr icat ion,  a l l  

laminates were u l t rason ica l l y  C-scanned for defects. For qua l i t y  assurance 

a l l  laminates were scanned a t  frequencies f r o m  80 t o  20 Hz. Below 20 ;lz cross 

p ly  laminations become vis ib le.  Laminates had an average f i b e r  volume 

fract ion, Vf, o f  about 72 percent. 

A.1.2 Assembly and bonding procedures f o r  f l a tw ise  t e n s i l e  specimens 

1. Surface preparation 
1.1 Solvent clean the composite face sheets, honeycomb core, and 

s tee l  end blocks by wiping wi th  clean cloths saturated with HEK 
solvent. After wiping, d ip  cleaned parts i n  clean MEK. Blow 
dry with clean dry air.  

1.2 Abrasive clean the bonding surfaces of the facings and end 
blocks by g r i t  b last ing using 120 aluminum oxide g r i t .  
pressure a t  0.55 t o  0.62 MPa (80 t o  90 p s i )  f o r  the steel end 
blocks and 0,28 t o  0.31 MPa (40 t o  45 p s i )  f o r  the composite 
face sheets. 

Set a i r  

1.3 Repeat 1.1. 

1.4 Abrasive clean bonding surfaces and edges o f  honeycomb. 
Abrasive clean down inside o f  each c e l l  0.318 t o  0.476 un (1/8 
t o  3/16 in.) a l l  four  directions. 

Type of b last ing equipment: 

Pennwal t SS White-Industrial Products 
Abrasive Jet machining Unlt, - Model K 



1.5 

1.6 

1. 7 

1.8 

1.9 

2.1 

2.2 

2.3 

2.4 

2. 5 

2.6 

2.7 

2.8 

2.9 

2.10 

Abrasi ve: 
Airabrasive Powder No. 1 
Pressure: 
0.28 Wa (40 p s i )  

Repeat 1.1. 

Weigh out and m i x  thoroughly 3 parts of  BR-34 primer and 1 par t  
o f  BR-34 th inner by weight. 

Using a medium b r i s t l e d  brush, prime bonding surfaces o f  the 
face sheet and end blocks, brushing primer i n  both direct ions. 

I n  a clean container (pan) pour primer t o  a depth of 
approximately 0.318 cm (0.125 In.). Set honeycomb (bonding 
surface down) i n  the primer, remove and shake o f f  excess primer. 

Dry primer as fol lows: 
Room tenperature f o r  30 min. 

f o r  30 min., and 

2. Assembly 
Remove the FM-34 adhesive from the freezer, a l l o w  package t o  
warm up t o  room temperature before opening. 

Cut four pieces of adhesive 7.6 cm (3 in.) square ( t o  match end 
blocks and facings). 

R a v e  the protect ive backing frm one side o f  each piece. 

Posi t ion the adhesive squares on primed surfaces o f  each end 
block, and on one side o f  each facing. 

Press the adhesive i n t o  int imate contact wi th i t s  substrate. 
Remove remaining protect ive f i l m .  

Assemble the specimens using 0.154 x 7.6 x 7.6 an (1/16 x 3 x 
3 in.) s i l icone sheet rubber on top and bottom of specimen, and 
bonding f i x tu res  designed t o  maintain proper component 
a1 i gniwnt . 
During assembly inser t  a thermocouple (30 o r  36 gauge) i n  the 
bond l i n e  between the end block and the facing a t  the bottom 
o f  the specimen. This thermocouple i s  t o  be used t o  control the 
band1 ine temperature. 

Enclose the f i x t u r e  i n  a vacuum bag. 

Position the vdcuum bag assembly on the press platen. 

Draw d f u l l  vacuum on the assembly. 
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2.11 

2.12 

2.13 

2.14 

2 4  15 

2.16 

2.17 

Close the press t o  obtain upper platen contact with assenbly, 
but only lowest possible pos i t ive pressure. 

Set tenperature contro l ler  t o  589 K (600'F) bond l i n e  
temperature. 

S t a r t  heating specimen. 

When bond l i n e  reaches 405 K (27OOF) apply 0.34 HPa (50 p s i )  
pressure and continue heating. 

When bond l i n e  reaches 589 K (600'F) hold a t  t h i s  temperature 
f o r  two hours. 

Cool t o  room temperature, 305 K (90°F) under pressure and 
vacuum. 

Remove specimen from bag and f ixture.  

A.1.3 Assembly and bonding procedures f o r  sandwich beam f lexure specimens 

1. Honeycomb preparation 

1.1 

1.2 

1.3 

1.4 

1.5 

1.6 

1.7 

Spray honeycomb wi th  l i q u i d  detergent inside and out. Leave t o  
soak 2-4 minutes, r inse with running warm water 2-4 minutes and 
oven dry a t  278 K (220°F) f o r  30 minutes. 

Vapor degrease 3-7 minutes i n  Freon. 

M ix  BR-34 Adh sive as furnished (81% sol ids)  with 0.0076-0.013 
cm (3-5 x lo-$ in.) glass beads, 1 part BR-34 t o  1 part beads. 

Using putty knife, completely f i l l  a l l  honeycomb cells, except 
the center 7.62 cm (3 in.), by blading mixture through c e l l s  
from a single side. 

Clamp honeycomb t o  hold f l a t ,  while curing BR-34. 

A f t e r  clamping securely, a l l o w  f i l l e d  honeycomb t o  a i r  dry 1 
h m r  minimum. Place i n  oven a t  room temperature and ra ise 
temperature t o  378 K 220°F. Slowly raise 
temperature 1.1-2.8 K (2-5"F)jminute t o  589 K (600°F) and hold 
f o r  2 hours. Let cool and remove from f ixture.  

Hold f o r  2 hours. 

Reaiove excess BR-34/beads f rom honeycomb by sawing f rom edges 
and ends t o  obtain or ig inal  dimensions. Grind top and bottom t o  
expose core ends. Top and bottom surfaces shal l  be f l a t  and 
p a r a l l e l  +0.003 cm (+0.001 in.). 

2. Cleaning and priming 

2.1 Record measurement o f  thickness taken from center o f  each facing 
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2.2 

2.3 

2.4 

2.5 

2.6 

2.7 

2.8 

2.9 

Hand wipe facings using clean c lo th  saturated w i th  MEK solvent. 

Vapor degrease and r inse i n  Freon, facings and f i l l e d  honeycomb. 

Abrasive clean bonding surfaces o f  facings and honeycomb wi th  
120 g r i t  aluminum oxide g r i t .  Set a i r  pressure a t  
(0.276-0.345 MPa (40-50 ps i  ) . Abrasi ve clean unf i 11 ed honeycomb 
c e l l s  by d i rec t i on  g r i t  from four (4) d i rect ions (both sides) so 
as t o  clean (0.318 t o  0.476 cm (1/8 t o  3/16 in.) down i n t o  
cel ls.  Do not b last  excessively so as t o  erode honeyccmb. 
(0.276-0.345 MPa (40-50 p s i  ) . Abrasi ve c l  ean unf i 11 ed honeycomb 
c e l l s  by d i rec t i on  g r i t  from four  (4) d i rect ions (both sides) so 
as t o  clean (0.318 t o  0.476 cm (1/8 t o  3/16 in.) down i n t o  
cel ls.  Do not b las t  excessively so as t o  erode honeycomb. 

Repeat Step 2.3. 

Remove primer from freezer and al low closed container t o  warm t o  
room temperature before opening. Weigh aut and m i x  thoroughly 3 
parts BR-34 Primer tu 1 pa r t  thinner, by weight. Continue t o  
m i x  primer during appl icat ion t o  prevent set t l ing.  

Using a medium b r i s t l e d  brush, prime bonding surfaces o f  facings 
and honeycomb. 
o r  unf i 1 1 ed port ion o f  honeycomb. 

Dry primer as follows: 

Apply primer 0.318 cm (1/8 in.) down i n t o  c e l l s  

Room temperature f o r  30 Iiinutes, 
378K (220OF) f o r  30 minutes 
483K (41OOF) f o r  45 minutes 

The cumulative time period from cleaning t o  bonding shal l  rwt 
exceed 72 hours. 
Step 2.2. 

Parts shal l  be handled wi th  white gloves a f t e r  

3. Assembly and cure 

3.1 

3.2 

3.3 

3.4 

Remove FM-34 Adhesive from freezer and allow package t o  warm t o  
room temperature before opening. 

Peel back protect ive backing and pos i t ion primed surface o f  face 
sheets orlto adhesive f i l m .  Cut around facings with razor blade. 

?lace a s t r i p  o f  0.159 cm (1/16 in.) s i l i cone  rubber sheet t o  
match size o f  facing i n  bottom o f  cleaned and sprayed 
(Frekote-33) f ix ture.  

Place facing, honeycomb, facing (spacer s t r i p  i f  needed), and 
top o f  f i x t u r e  i n t o  press. NOTE: Inser: thermocouple bead a t  
one 2nd between bottom face sheet and honeycomb. 
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3.5 Bring platens up to touch. Set controllers to 600K (620'F) and 
apply heat unti 1 bond1 i ne tenperature reaches 405K (270'F 1. 
Apply 0.345 MPa (50 psi) and continue heat rise until bondline 
reaches 589K (6OOOF). Reset controllers t o  589K (6000F) anti 
hold for 2 hours. (Pack Q-felt or equal around fixture to limit 
heat loss.) 

3.6 Cool t o  below 339K (15OOF) under pressure. 

3.7 Remove specimen from press and fixture. 
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A.2 Buck1 inq Specimens 

To minimize the mass o f  the buckl ing specimens and s t i l l  maintain the  

balanced symnetric quasi- isotropic nature o f  the facings it was decided t o  use 

the thinnest prepreg o f  Cel ion/PI comnercially avai lab le which i s  Celion 

3000/PMR-15. Cel on 3000/PMR-15 has an dverage thickness per ply of about 

0.007 cm (0.0028 n.) as compared t o  0.0166 cm (0.0065 in.) f o r  Celion 

6000/PMR-15. The average f i b e r  volume f r a c t i o n  o f  the Celion 3000 laminates 

i s  61.6 percent as compared t o  72 percent f o r  the Celion 6000 laminates. 

A.2.1 Laminate fabr ica t ion  

Laminates o f  [0,+45,90], Cel ion 3000/PMR-15 &/PI were B-staged by 

p u l l i n g  a vacuum o f  25.4 cm (10 in.) o f  Hg and holding a temperature o f  491 K 

(425'F) f o r  one hour. The vacuum pressure was maintained and the laminate was 

cooled t o  339K (15OOF) a f t e r  which the vacuum was released and the laminat2 

allowed t o  cool t o  room temperature. Following 

vacuum bagged, two a t  a time as shown i n  f igure  

cycle shown i n  f i g u r e  35. Laminate sheets were 

30 in.) and were t r i m e d  t o  33 x 30.5 cm (13 x 

o f  material were used t o  calculate Tg, Vf, V,, 

weight loss. 

A.2.2 Assembly and bondinq procedures 

B-staging the 

?4, and cured 

approximately 

2 in.) sizes. 

spec i f ic  grav 

1an;i nates were 

according t o  the 

38 x 76 an (15 x 

Tritmned pieces 

ty, and percent 

G1 ass/Poly i m i  de honeycomb core (Hexel HRH-327-3/8-4) o f  various 

thicknesses (0.635, 1.27, 1.91, and 2.54 cm (0.25, 0.50, 0.76, and 1.00 in.)) 

were cut t o  buckling specimen dimensions (33 x 39.5 cm (13 x 12 in.))  and 

perforated a t  node bond Zines as shown i n  f igure  36. Perforat ing the core 

would allow the escape o f  any vo la t i les  produced during the cure o f  the FM-34 

polyimide adhesive and prevent otherwise trapped v o l a t i  les  from producing weak 

bonds. The honeycomb core was potted a t  each end (2.54 cm (1.0 in.) i n  
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length) with BR-34 l i q u i d  adhesive as shown i n  f igure  37. The vacuum bag 

schematic and cure cycle f o r  the end po t t i ng  i s  shown i n  f i gu re  38. Af te r  

cure the f i l l e d  ends o f  the honeycomb were machined f l a t  and pa ra l l e l  as shown 

i n  f i gu re  39. Tapered end tabs were machined from Glass/PI laminates 0.635 cm 

(0.25 in.) t h i c k  and scalloped doublers were machined from 3 p l y  Glass/PI 

laminates. Figure 40 gives a view of the honeycomb core, scalloped doublers, 

tapered end tabs, stainless steel sheet, and G r / P I  facesheet. Faying surfaces 

of the assembly were primed with 5r-34 and bonded using FM-34 f i l m  adhesive 

(0.059 kg/m2 (0.135 lbm/f t2)) .  

secondary banding are given i n  f igures 41 and 42. Af ter  cure, s l o t s  were 

machined i n  the potted ends o f  the specimens and alignment sheets were 

inserted and bonded. 

specimen and f igure  44 gives a view o f  the en t i re  panel. 

panels are given i n  the schematic diagram shown i n  f i gu re  45. 

The cure and post cure cycles used f o r  

Figure 43 gives an end view o f  a fabricated buckl ing 

Dimensions o f  the 

A.3 Qua l i t y  Control 

Qua l i t y  control  o f  prepreg and processing technique i s  necessary t o  

insure manufacture o f  laminates and sandwich panels wi th  repeatable 

properties. Nondestructive evaluation of the laminates and bonded specimens 

i s  also necessary t o  insure s t ructura l  in tegr i t y .  A discussion o f  the 

extensive qua l i t y  control  procedures f o r  composite s t ruc tu ra l  elements f o r  the 

CASTS program i s  given i n  reference 17. 

procedures f o r  prepreg, res i  ri, and ddhesi ve and nondestructive evaluation o f  

laminates, the bonded specimens were also u l t rason ica l l y  scanned t o  check 

honeycomb core-to-facing bonds. The thickness of  each ind iv idual  facing and 

completed sandwich panel was measured a t  s i x  panel locations (as shown i n  

f i gu re  45) and average values and maximum deviations are noted i n  Table 6. 
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Digi t lzed readouts of  45 points over each face o f  every panel were recorded 

and a curve fit routine used t o  p l o t  surface waviness o f  each panel. Figure 

46 i s  a typical p lot  of the waviness of a sandwich pane.; the  maximum 

displacement or i rregul a r i  ty, 6max, was recorded f o r  each panel. 
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APPENDIX B 

LAMiNATE THEORY 

Lafirinate theory i s  used t o  predic t  the average e las t i c  material behavior 

of the facings and comare recJ l ts  wi th  expcrimental calculat ions The theory 

assumes tha t  ind iv idual  lamina behave or thot rop ica l ly ,  on a macroscopic leve l ,  

and tha t  material propert ies of laminate composed o f  several lamina oriented 

a t  various angles w i th  respect t o  one another can be eatermined using 

Kirchholf p la te  assumptions. The theory i s  presented b r i e f l y  below; a more 

deta i led de tc r ip t ion  can be found i n  references d5 and 46. 

Lamina and laminate geometries and coordinate systems are shown i n  f i 3ure  

47. The lamina coordinate system ( f ig .  47a) i s  aligned w i th  the p r inc ip le  

material d i rect ions of lami,ia, para l le l  (1) and perpendicular (2) t o  the 

fibers. The laminate coordinate system (fig. 47b), however, usually 

corresponds t o  loadivq d i rect ions and does not o f ten cnrrespond wi th  the 

p r inc ip le  material d i rect ions o f  a p l y  o r  lamina. Since each lamina is 

asusmed t o  be homogenuous, orthotropic,  and loaded i n  a s tate o f  plane stressp 

the stress-strain re la t ions i n  the natural coordinate syst .  , are 

. 
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where from the reciprocal r e l a t i o n  

W l h 1  = r12E22 (8.3) 

I n  any other coordinate systea i n  the plane of the lamina the stresses 

can k expressed as 

where the transforwed s t i f f ness  matrix [GI, i s  calculated f r o m  the reduced 

s t i f f ness  matrix and 'ransfonnation matrix [TI 

Psino case 
-2si 8 cose 

s i n k o s e  cos 9 (B.5) 

where 0 i s  the angle betveen the f i b e r  d i rec t i on  and the laminate x-axis taken 

as pos i t ive as s h u n  i n  f i gu re  47a. 

The resultant fo rces  and moments act ing on a laminate a re  obtained by the 

integrat ion a f  the stresses i n  each larnlna through the thickness o f  the 

laminate as 

45 



the stresses, a, can be expressed i n  each lamina as a function of  iaa inate  

middle surface strains and curvatures using the Kirchhof-Love hypothesis as 

Since the state of stress i s  ass& ccnstant over each lamina equation (3.8) 

can be rewritten for  an n-ply laminate as 

substituting equations B.9 and B.19 into eq. B.8 gives 
-m 

(B.10) 

(B.11) 
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where 

CAI = 2 
k=l 

(8.12) 

k= 1 

For the case o f  a synraetric laminate with no applied bending mnent, such 

as the case o f  th is  study, the average e las t ic  properties of  the laminate can 

be expressed as 

- -12 
w all 

L = -  1 E t- 

(8.13) 

- -"2 v = -  1 
Gw = Y X  a22 

where [a] = [A)" 

since only a quasi-isotropic laminate i s  considered I n  the present study and 

because i t s  balanced symrietric A16 = A26 = 0 and the matrix [a] i s :  

Cal = 

A22 -A12 0 
A1 1%*-A122 AllA22'Al; 

-A12 0 2 2 
A 1 1 A12 -A12 A1 1 A22kl 2 

0 0 1 
A66 
- 

(B. 14) 
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and therefore: 

(8.15) 

since the laminate i s  quasi-isotropic A11 - Aqz, hence 
- - 

Ex = and iiw = uyx 
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APPENDIX C 

FUNDAMENTAL EQUATIONS OF SHALL-DEFLECTION SANDUICH RATE THEORY USE0 I N  THE 

PRESENT STUOY 

The overal l  or general buc. *ng ;?alysis uses the small-deflection theory 

for arthottopic sandwich plates and shel ls presented i n  references 35 and 36. 

The theory assums that the a t e r i a l s  are elast ic, deflect ions are mall 

conpared t o  the panel thickness and that  the thickness i s  sml1 compared t o  

the other dimensions o f  the panel (see f igure  48). The analysis also a s s e s  

an antiplane core (modulus o f  e l a s t i c i t y  o f  core i n  planes para l le l  t o  the 

ta.*ings i s  assuned zero but the shear modulus i n  planes perpendicular t a  the 

facings i s  f i n i t e )  having an i n f i n i t e  s t i f fness normal t o  the planes o f  the 

facings. 

Five equations relatZng force equil ibr ium i n  the x-, y-, and zd i rec t i ons  

and moment equi l ibr ium i n  the x- and y-direct ions and s ix  equations re la t ing  

middle surface forces and moments with middle surface strains are presented i n  

reference 36 and reduced t o  three equations i n  three unknowns Q,, Qy and w as 

shown below: 

+ 

= o  
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and assuming the radius of curvature r - - as it does f o r  f l a t  p lates and that 

only in-plane b i a x i a l  n o m 1  loads are applied, the t h i r d  equation i s :  

For s inp ly  supported boundary conditions along a l l  four edges i n  which 

a l l  points i n  the baundary (not j u s t  those on the middle plane) are prevented 

f r o m  moving p a r a l l e l  t o  the edges the boundary condftions x = 0 or x - L are 

w = M, = V = N, = Qy = 0 and a t  a boundary y = 0 o r  y = b are w = My = u = 

N,, = Qx = 0 (refs. 35 and 36). Assumed trigonometric solut ions for w, Qx, and 

Qy which sa t i s f y  these boundary conditions are, from reference 28 

w = A s i n  E s i n  L 

= B s i n  EL cos QY L k . 4 )  

= c cos !!?!LE s i n  y 
QX L 

I f  equations (C.4) are substi tuted i n t o  equations ( C . ? ) ,  ( C . 2 ) ,  and (C.3) and 

the symnetry relat ionship 

VxDy = q x  ( C . 5 )  

which was der-ived i n  reference 35 using Maxwell-Betti's reciprocal theorem i s  used, 

you obtain the fo l lowing exoression ( r e f .  28) 
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(Uf + Nu (rf = Wll - '22':3 'w33w:2 -m12w13u23 
Nx L 

W22'33-'& 

where 

and 
D12 = 2 D + ll b + u p x  

xy X Y  

The buckling load o f  a plate i s  obtained from equations C.6 and C.7 by 

minimizing with respect t o  m and n, the number o f  h a l f  waves i n  the buckle 

pattern i n  the length and width directions of the plate, respectively. The 

smallest n consistent with the assumption o f  simply supported plates i s  n = 1. 
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APPENRIX D 

LOCAL BUCKLING FORMULAS USED I N  lH€ PRESENT STUDY 

There are several i n s t a b i l i t y  modes which can cause f a i l u r e  o f  a sandwich 

structure; as shown i n  f igure 49 they are: i n t r a c e l l u l a r  buckl ing (face 

dimpling), face wr ink l ing (e i ther  symnetric or antisymaetric), and shear 

crimping. 

occurs only when the core i s  not continuous, as i n  the case o f  honeycomb o r  

corrugated cores. As shown i n  f i gu re  13a, thz facings buckle i n  a p la te - l i ke  

fashion d i r e c t l y  above core cel ls,  wi th  c e l l  edges act ing as edge supports. 

These buckles can deform s u f f i c i e n t l y  t o  cause permanent, p l a s t i c  deformations 

and can eventually lead t o  the face wr!nkling i n s t a b i l i t y  mode (fig. 49b). 

The face wrinkl ing mode i s  a loca l ized buckl ing o f  the facings i n  which the 

wavelengths o f  the buckles i s  o f  the same order as the thickness o f  the core. 

Depending on the nature o f  the material propert ies o f  the core the facings can 

buckle symmetrically or antisymnetrically. For the case of honeycomb cores, 

i n  which the e las t i c  modulus para l le l  t o  the facings i s  very low compared t o  

the modtilus i n  the d i rec t i on  perpendicular t o  the facings, f a i l u r e  i s  usually 

by symnetric wr inkl ing (ref. 44). 

L .rengths o f  the core rnaterial i n  the 2-direct ion and the f la twise tens i l e  

strength o f  the bond between the facings and the core, the sandwich panel can 

f a i l  i n  several ways as shown i n  f igure 50. 

Shear crimping ( f ig .  19c)  i s  considered t o  be a special fonn o f  general 

I n t r a c e l l u l a r  buckl ing i s  a loca l ized mode o f  i n s t a b i l i t y  which 

Depending on the tens i l e  and compressive 

i n s t a b i l i t y  for which the buckle wavelength i s  very short due t o  a low 

transverse shear modulus o f  the core. This mode occurs suddenly and usually 

causes the core t o  f a i l  i o  shear, however, it my also cause a shear f a i l u r e  

i n  the core-to-facing bond. 
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There are many references concerning the analysis and predict ion o f  local  

i n s t a b i l i t y  modes o f  f a i l u r e  o f  sandwich structures (refs. 20 to  22, 24, 25, 

and 41  t o  49). F o m l a s  f o r  predict ing local  i n s t a b i l i t y  vary among 

references and for that  reason several methods were used to  predic t  loca l  

f a i l u r e  loads an upper and lower bound werecalculated f o r  various f a i l u r e  

modes and sandwich panel thicknesses. The forrmlas f o r  l w a l  buckling of  a 

sandwich panel subject t o  uniaxial  cornpression and appropriate references are 

given as follows: 

In t race l l  u l  a r  buck1 i n g  

from references 21, and 47 t o  49 f o r  i s tomp ic  facings: 

where Ef i s  the 

honeycomb c e l l  size, 

‘dim 3Ef (tf) 

facing modulus, tf i s  the facing thickness, and s i s  the 

from reference 24 
2 

from reference 25, assuming orthotropic faces 

w k r e  Ef and Ef are the facing shear moduli i n  the x- and y-d i rect ion 
x X 

rospcstively and Gfxy i s  the facing shear mcidulus i n  the qy plane 

For i sot rop ic  faces equation (5.3) reduces t o  

‘dim 
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Facing Wrinkl ins (Symnetric) 

From references 21  and 48 lower and upper bounds on wr ink l ing stress are 

respectively 

( loner bound) 

and 

gJ.4) 

where Ecz i s  the modulus o f  the core i n  the d i rec t i on  normal t o  the facings 

and t, i s  the thickness of  the core from reference 48 accounting for i n i t i a l  

facing Inperfections 

- - 
‘wr 

where F, i s  the f l a tw ise  sandwich strength and 6 i s  the amplitude of i n i t i a l  

waviness i n  the facings. 

from reference 24 

f o r  t,& < 50 

= 0.5 (Gc E, Ef)  1/3 
xz z ‘wr 

and f o r  t,/tf > 50 

113 uwr = 0.76 (G E, Ef) 
,XZ z 
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from reference 18 

m2 + 2 (0 + 2 D  ) (6' 
F12 F66 

2 E  t2 

+22 t f m  II h 

Shear Crimpi nq 

From reference 21 

U crim = ( ;rt,tc h 2 )  GcXt 

and from reference 47 
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TABLE 1 - CURE CYCLES OF FLATYISE TENSILE SPECIMENS 

1 

-- 
E S C R I  PT ION 

~~ ~ ~- ~~ ~ 

Vacuum + 0.34 MPa (50 ps i )  a t  R. 1. 
Cure t o  5891: (6000F) e 5 Urnin. (90/min) hold fo r  2 hours 
No post cure 

~ 

3 
~~ ~~ ~ - -~ ~ 

Same as cure i l  .but bond top and bottom facicgs separately 
with facings t o  be bonded on bottom 

I I 5 Sal= as cure I 1  but don't apply vacuum 
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TABLE 2. .. FLATWISE TENSILE TEST RESULiS OF CURE 8YCLE BOND STUDY 
(Core density = 96 k g h  (6 l b f / f t  ) 

A) ROM Temperature 
r 

Specimen Cure Cycle 
Number Number 

32078-1 1 

32078-2 1 

321 78- 1 2 

321 78-2 2 

32278-1 4 

32218-2 4 

32378-1 5 

32378-2 5 

32778-1 3 

32778-2 3 

Nt, 
(Psi 1 (W 

18.90 3.25 
(4250) (472) 

23.35 4.02 
(5250) (583) 

16.24 2.80 
(3650) (406 1 

(4450) (494 1 

(3050) (339) 

(3980) (W 

(4750) (528)  

(5220) (580) 

(3800) (422 1 

19.79 3.41 

13.57 2.34 

17.70 3.05 

21.13 3.64 

23.22 4.00 

16.90 2.91 

16.01 2.76 

Descri p t  i on of 
Fai 1 ure 

(3600) 

B) 589 
: 

Failed between facing 1 
and core. Facing 
del aminated a1 so. I 

(400 

K (600%) 

-~ 

Fai led between facing 
and core. Facing 
delaminated. 

40578- 1 1 7.915 1.37 Fai led between fdcing 1 
(1 780) (198) and core 

( 1830) (209 1 and core 
40578-2 1 8.363 1.44 Fai led between facing 

Facing del ami nat ion 

l a  11.23 1. 94 
(2525) (281 1 

l a  7.451 1.28 
(1 675) (1 $6) 

41 378-1 5 4.938 0.848 
(1710) (123) 

41 378-2 5 6.139 1.05 
(1 380) (153) 

I 40778-1 

40778-2 

Fai led between facing 
and core 

Facing delamination 

Facing delamination 

Fai led between facing 
and core 

Facing delamination 

- 

F a i  led between facing 
and core 

Fai led between facing 
and core 

Fai led between facing 
and core 

Fai led between facing 
and care 

~ 

Fai led second bond 
' between facing and core 

Fai led second bond 
between facing and core 



Specimen leap. Core 
Number Densifjy 

‘) ( l S t 3 )  

41011 R.1. % 

41213 2.1. 

41 81 9 589 
( 6 W  

42021 569 
(600) 

42223 589 
(6oO) 

L 
(6) 

Descriptlon of 
Fai 1 ure 

e 1  t 
CPa 

p I t  t N  
(Ibf) (Psi 1 

13.12 2.26 Facing delamination 

2i.80 3.75 Faci ng del ami nation 
7 

(2950) (328) 

(4900) (W - 
8.807 1.52 Failed between 

(1980) (220 1 facing and core 

7.784 1.33 Failed between 
(1 750) (194) facing and core 

3.38 0. 58 Fai led between end- 
(760) (84) block and f a c i w  

a) FM-34 f i l m  adhesive, ccre cycle 

42425 116 1.11 
(-.?!io) (250) 

42627 116 4.448 

CG12 R.T. 128 18.24 
(8) (4100) 

CG34 116 18.46 

CG56 ROT. 13.34 
(3000) 

CG78 R O T .  22.24 

CG910 589 7.651 
( 6 W  (1 720) 

CG1112 589 8.451 
(603 1 (1 900) 

CG1314 589 8.051 
(1810) 

CG15’ 116 18.90 

CGl718 116 24.24 
(-250) (5450) 

(-250) (1o(w 

( - 250) (41 50) 

(5000) 

- I ~ (600) 

(-250) (4250) 

51 

#l with cure t-. - 603K (625OK) 

1.92 Fai led between end- 
(278) block and facing 

0.765 Fac i ng del ami nat ion 

3.14 Failed between 
(456) facing and core 

3.18 F ix ing delamination 

2.30 Failed between 
(333 1 facing and core 

3.83 

1.32 Fai led between 
(191 1 facing and core 

1.46 Fai led between 
(21 1) facing and core 

1.39 Fa i 1 ed bet ween 
(201 1 facing and core 

3. 25 Facing delamination 

4.18 Fai led between 
(606) facing and core 

(111) 

(461 1 

Faci ng del ami nation 
(556) 

(472) 



6 

7 

8 

9 

10 

11.23 
(2525) 

12.41 
(2790) 

TABLE 3. - FLATUISE TENSILE TEST RESULTS 
b) Bt-34 c e l l  edge adhesive, cure cycle #l, R.T. 

- ~~ ~ 

1.34 
(281 ) 

2.14 
(310) 

0.53 
(77) 

128 
(8) 

12.86 2.21 
(2890) (321 1 

17.68 3.05 

16.22 2.79 
- (3975) (442 1 

(3647) (405) 

62 

Oescrlption o f  
Fai l u r e  

P a i  l ed  b e k n  block anc 
facing 

Fai led between block am 
facing 

Fai led between block anc 
facing 

Faci ng del ami nat i on 
( local ized around c e l l  
edges) 

Facing del ami nation 
( local ized around c e l l  
edges 1 

- 

Fact ng del ami nat i on 
(1 oca1 i zed around c e l l  
edges) 

Facing del ami nation 
( l i x a l i z e d  around c e l l  
edges 1 

Faci ng del ami nat i on 
( local i zed around c e l l  
edges) 

F ! between facing 
ailc . w e  

- 

Facing delamination (no1 
local ized) 

Fai led imnediately at  
very low load between 
block and facing 

Fai led imnediately a t  
very low load between 
block and facing 

Faci ng del ani nat i on 

f a c i  ng del ami nat i on 



0 

# *  
P 

P 
c 

tn 
h 

tn 

h 
rp 

0 
c 

_ _  

N 
OI m 

5 m .- 

- ~ 

h 
h 
dr 

: c 

A 

2 2  + +  w w  

n 
m + w 

N 1- 
h.4 

NM 
. I  

1 4  
W 

* *  
r((u 
I I  
U U 

d n  
-4- + +  
W W  

4- 
dh + +  w w  

0- 
4- + +  w w  

n I YF A n  
4 0 0  + +  w w  

0 0  
0 0  
Q: .U 

cub 
I I  

* a  

v 

b0  
ab, 
O D N  

L -4 W 

0 .  

O D F  
W 

0- 
4- + +  w w  

n 
b0  + +  
W W  

a m  mln 
a m  
mLn 
I I  

* .  

U 

n 
ION + +  
W W  

Q-cO 
ab 
mcO 

0 .  

-3  

n 
r n d  + +  w w  

h 

In- + +  
w w  
Q-O 
bh 

O b  m N  
m m  

I I  
i d  

Y 

* *  
N m  
I I  
Y 

63 



cu 

6 
Q N  
a w  

0, cu 
0 

m 
M m 
0 

e 
f 
d 

h 
m 
M O  
0 

e 
3 
d 

Q 
c; e 

0 

n 

8 
i a 
w 
v 

~- 

to m 

lo‘ 

u) 
Q, 

!i 8. Q 
w -  

m m 
9 

w 

z 
p3 

I 
F 

m 
OD cu 

I 

e 
c 

h m a 
4 * 

c , -  
# - - a t  a -  
w 

* * * +  * . . *  
c-ccc 

1 1 : 1  

e .* 8 dddd FF c 
I 1  I 

I- 

I- - m 

* v, 
c3 

G 

0 
U 
c3 
(3 

e cu 
v) 

m 

8 

- c3Q nodo 

iz aJ- 
I- 

* 
I- .- 
a 9- 

c 
r- 

m-h 
Q) Q, m v) 

h- 
Jo n 

c 
0 

0) 
v) 

.r 

;- 0 

V 

r 
0 

E 
0 
rl) c 
QI + 
- E 

0 
‘F _31 
ul 
E 
al c 

c 
0 
.r-- t- ul 
t 
Q) c 

64 



m m m 
4 

QI 
N 
(3 

6 

h 

8 
4 

3 
d 

OCUN m r  
C Am- 

rn 
d 
T-l 

X 

N 

4 

m 
0 
F 4  

X 

4 

h 

rD 

0, 
X 
ul 

b 

w 
2 
X 

F 4  

h 
. 

w 
0 
r( 

x 
(u 

c6 

X 

Q, 

~ 

* 
h m w 
0 
I 

a m  h w u  m 
* * C C  * * * *  

2 
e 

cr) m 

z-4 
I 

e 

c;- 
CL 

L- .- 
a 

E 
0 c 

0 
c, 
V 
E 

.c 

r" 
5 
s Q, 

I 

* 

c 
0 
.r 

2- 
Q, c 

.c 
m 

f- 
t? 
0 
V 

C 
0 

2- a! c c" 

65 



h 1 n n n 

-Ob- -*-* ?-mow 
00-Q, 
0000  
c;;;? 

Y 

n n n n 

n n h h 

. . . e  
0 0 0 -  

h 
n h' 

n 
VE uz . . . . .  

0000-  

A 

h 

N N h m c  

CIO- -cum 
6 0 0  
0 0 0  

c aI. 
0 
5 P 
-- 

aobr mnmm 
hf-h 

66 



0 0 0  

0 0 0 0  
h W h h  
00000 
OI-S-- m m m v )  
GddQ 

n 
ur 

+r.r 
U 

1 A 

I n I  n 



n n n  

n n l  n n n 

w v w  

n 

VI a 
0 
(3 
Q, 

a 
z 
N 

.p 

U 

n 

5 
0 
*r 
n 

VI 
Y 

N 
-a- 
m 
v) 

CCI 

.r 

m 

v 

P 
h 

n 
m F  . .  n 

?9 

0 0 L', 

S S G  ui 
0- e- 

v) 
Y X &  

m m  r 
Fd 
(IIW 

h A A  

o x  . x  0 %  
N h W h r n O  m a I n w m 0  

0 .  h h 4  
V Y U  

I_- 

P a .  e o  
I X  
0. 

& E +  c3s 8 8 8  - - -  
r - h h  

68 



F L.' c, 

x =F- w 

I I 
F 

Q ) .  
E O  
m x  
p. 

n n n n  

69 

















C. 

m 

f I 
n 

l l  , -  

77  



8 
w 

a rF\ 
#-I 

0 

78 



8 
d 

8 
w 

- 
VI a 
\ 

w c 

m 
w 
p: c cn 

79 



8 
w 

I y  



8 
w 

v) e 
2- 

m 0 
r( 

m e 

0 

81 



w 

r )  

I I I I I 

0 v\ 0 
rl 

a2 



\ 

U 

v) e - 
L5- 
Ln t 0 

cl 

nta 
0 0  -- 
A &  
CIC 

I x  

0 
rl 

e 
Y 

d 

tv 
0 

87 







0 

86 





R = l A  cm a75 In.) 
R=Q79cm C3l3ln.1 

ALIGNMENT SHEET 

CLASS/ P I HONEYCOMB 

SCALLOPED DOUBLER 

cL 
( a )  End supports. 

Figure 19. - Technique for simply-supporting panel. 
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