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Final Report
Solar Array Switching Power Management Study

1.0 Introduction

1.1
1.1.1

1.1.2

Solar Array Switching Power Management (SASPM) is an approach to power

management that employs switches to directly connect groups of solar
cells in such a way as to provide system voltage regulation, electrical
power distribution, and the ability to reconfigure the solar array for
changing load requirements.

The objective of this study is to identify SASPM concepts and technology
advancements which have the capability of increasing power systems
efficiency and reducing costs. A comparison to conventional power
management approaches has been made, and the potential benefits of

the SASPM technique in the areas of cost and weight reduction, reliability
enhancement, heat rejection requirements, reconfiguration flexibility,
and ease of growth demonstrated.

A complete statement of work for this study is presented in Appendix D,
and a set of acronyms employed in Appendix E.

Summary of Study Results

Mission Characteristics

A set of mission characteristics were defined for three following selected
typical missions, utilizing projected 1990's technology.

e Manned Low Earth Orbiting (LEO) platform - 250 kw average load
Unmanned geosynchronous equatorial orbit (GEO) platform -
50 kw average load.

e Unmanned ion propulsion orbit transfer vehicle (IPOTV) -
50 kw to 250 kw load.

For each mission, an electrical power system (EPS) and power management
system (PMS) was characterized. Characteristics of these designs are presented
in Table 1-1..

Identification_of SASPM Concepts

Four basic switching configurations which are capable of controlling solar
array segments were defined and compared, and five sequencing concepts for

.ontrolling the switch configurations were deveioped. A system concept was

derived for each typical mission. The LEQ mission concept is shown in

1-1
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Figure 3.3-1. Since power must be supplied to both the spacecraft and the ion
propulsion system simultaneously, reconfiguration of the solar array is not needed
for mission requirements. Each of the power busses has its own feedback control
system. The spacecraft bus feedback control measures bus voltage and battery
current and controls the solar array switching unit accordingly through the

SASU control logic. A microprocessor controller measures battery state-of-health
and provides battery charge control by varying the references of the voltage and
current error amplifiers. The ion propulsion bus feedback loop measures the bus
voltage and controls ts SASU through control logic. Inputs from the ion
propulsion system can medity the bus voltage and provide for arc protection.

The GLO mission concept is shown in Figure 3,3-2. Solar array reconfiguration

is accommodated by a six pole-double throw switch. Four parallel solar array
segments are reconfigured into four series segments in this arrangement. The

SASU control logic must also be reconfigured to transfer control to the desired
power bus and to accommodate the new switching arrangement. The battery and bus
control methods are the same as described in the LEQ mission except that the battery
charge control algorithms are tailored for GEO. Reconfiguration and ion propulsion
system modifications are accommodated through spacecraft level commands.

The switching concept for the IPOTV mission is shown in Figure 3.3-3. Since

the major portion of the power is for the ion propulsion system, a small portion
of the solar array is tapped for the spacecraft. A reconfiguration concept is
shown that allows for a 33% increase in the ifon propulsion bus voltage. This
compensates for voltage degradation accumulated by repeated trips through the
van Allen Belts, [nitially four equal solar array segments are utilized with
the fourth segment divided into three equal subsegments. The subsegments are
switched in series with the remaining segments to attain the voltage increase.
The monitoring and control methods are much the same as for the LEQ mission.

Baseline Conventional Power Processing

four basic power processing concepts (other than SASPM) were identified and
compared for application to each of the typical missions. These concepts
are:

Transformer coupled converter

Buckh regulator/charger

Boost regulator/charger

Shunt regulator/charger

1-3




1.1.4

1.2

1.2.1

1.2.2

Because of excessive dissipation requirements in large systems, the
shunt regulator was eliminated from consideration.

Each of the remaining three concepts was extracted from prior work for the
three missions, and the optimum conventional system selecied for comparison

to the SASPM system. The optimum conventional system for all three missions
was the buck regulator/charger, because it was the lowest cost and mass system.

Comparison of SASPM to Conventional Power Systems

The comparisons made are summarized in Table 1-2.

Conclusions

The following benefits were obtained by using SASPM rather than conventional
techniques:
o Projected reduction in the cost of power processing:

25% - 67%.
o Projected reduction in the mass of power processirg equipment:
17% - 64%,

e Cost and mass of the solar array was reduced 2% for the LEO
and GEO missions. At today's cost, this range of savings would
be 2 - 16 N$. (Projected 1990s: .1-1 M§). *

o Projected reduction in the mass of the active radiator:
€ - 12%., (eliminates active radiator requirements for power
processing)

o Projected reductiocn in the cost of the active radiator is
10% - 20%.

Areas of Concern

Certain areas of concern became apparent durina the conduct of this studv:

o High voltage operation in the space plasma environment is a ma jor
concern.for LEO applications. Recent information from Lewis Research
Center indicates that solar array voltage above 500 volts may not be
achievable on planar arrays. The concentrator array may offer a

solution. It may be possible to bias the reflector cones to keep
the plasma away,

¢ (Operation through Van Allen belt region dictates radiation resistant
cell,
The Next Step
The SASPM concept can be implemented now on low voltage systems. No advancements
in technology are rrjuired. However for higher voltage systems some advances
in technology are required:

o Development of space qualified high voltage/high current power
switchgear

. bBased on the Multikilowatt Solar Array Study (reference 2-20, page 2-49)
1-4




Table 1-2

Comparison of SASPM and
Conventional Systems for
Selected Missions

Mission: LEO Platform
Conventional System: Buck Regulator/Charger Comparison:

Buck Regulator SASPM A
Power Processing Mass (KG) 662 24 -64%
Power Processing Cost ($M) 4.0 2.3 -43%
Mission: GEO Platform
Conventional System: Buck Regulator/Charger Comparison:

Buck Regulator SASPM A
Power Processing Mass (Kg) 109 9N -17%
Power Processing Cost ($M) 1.2 0.9 -25%
Mission. Ion Propulsion Orbit Transfer Vehicle
Conventional System: Buck Regulator/Charger Comparison:

Buck Regulator SASPM A
Power Processing Mass (Kg) 116 69 -41%
Power Processing Cost ($M) 1.9 0.6 -67%

1-5
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The following advancements would enhance solar array switching:
o Development of space qualified, low on-state resistance MOSFETs.
o Development of space qualified CMOS microprocessors.

o Development of a LSI chip incorporating the entire microprocessor
controller circuitry.

A suggested SASPM development plan is as follows:

Phase I:

Phase II:

Phase III:

Phase 1IV:

1)

Low voltage solar array switching unit
(voltage controlled)

Develop basic power stage configuration.
Develop control electronics and analyses.

Demonstrate transient behavior of unit with
solar array simulator.

Explore fiber optics options.
Demonstrate reconfiguration capability
Install fiber optics control circuits.
Develop analytical model.

Develop high voltage SASU

Performance testing of SASU and solar array
simulator.

Integ-ation of SASU and solar array simulator
with an argon thruster.

Performance verification tests.

System demonstration

1-6
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2.0 TASK I
MISSION REQUIREMENTS AND DEFINITION

Define a set of mission characterisitics to the depth required to
determine their power management requirements. Estimate the power management
requirements and constraints. Task I is to be performed for three missions:

1) Manned Low Earth Orbit (LEO) Platform - 250 KWe averzge load

2) Unmanned Geosynchronous Equatorial Orbit (GEO) Platform -
50 KWe average load.

3) 1lon Propulsion Orbit Transfer Vehicle (IPOTV) - 50 - 250 KWe
2.1 LEO Platform

2.1.1 LEQ Mission Requirements and Payload Selection

Reference 2-1 through 2-11 were surveyed for load and user requirements
applicable to the LEO mission. The survey shows that there is an important
trend toward platforms and carriers that do not have their own power sources in
order to provide cost effective accomodations for payloads. These platforms
and carriers will dock to power platforms for their source of housekeeping
functions including power, energy storage, and possibly power conversion and/
or regulation. This means that the power module interface may become remote from
the individual payload. The interface requirements will be as defined at the
docking port between the power module and the experiment platform or carrier
for many applications, but directly at the self-contained docking port for

other payloads.

one such platform is the Science and Applications Space Platform (SASP)
(Reference 2-1). The SASP is intended to be a long lived platform in LEO which
receives power from a space power system. The interface requirements are for
30 Vdc and 120 Vdc power. The 30 Vdc requirement is driven by Space Transporation
System compatibility requirements. A list of the identified SASP experiment
power requirements is given in Table 1 of Appendix A, although in many cases

the data is not yet available, as indicated by the letters NA in the
2-1




table. Since most power systems ara 28VDC, that is the voltage that equipment

designers use. Of the 70 experiments 1isted, one requires 400 Hz, three-phase
ac at 115 volts (4.16 KW average), and three require 60 Hz, 120 Vac power.

The SASP, as presently conceived, provides the necessary power inversion to supply
these alternating current requirements.

Another example of an experiment carrier is the Materials Experiments
Carrier (MEC), which accommodates the materials processing experiments (Table 2
of Appendix A). The MEC experiments all require 120 Vdc. This requirement is
somewhat artificial in that it may have been derived from the fact that 120 volts
is the highest voltage projected to be available from the 25 KW Space Platform (SP).
It is possible that higher voltages could be used directly, especially for
heaters (furnaces) with variable duty cycle capabilities.

The Multi-100 KW Space Platform concept of Reference 2-5 was reviewed for
power and voltage requirements. This platform is made up of several modules, and
the individual load requirements inside each carrier are given in kilowatts only,
without reference to ac or dc, or voltage level. Each carrier's electrical dis-
tribution capability (voltage, regulation, frequency, etc.) is identified in
Table 3 of Appendix A.

Space construction base power requirements have been tabulated in Table 4
of Appendix A. Overall bus requirements of regulated 26 and 112 Vdc, and unregu-
lated 76 Vdc are given, but individual payload voltage requirements are not
known (Reference 2-6).

Orbiter (STS) power requirements were reviewed because the STS will dock to
the platform when delivering payloads and/or refurbishing the platform. The
requirements (Table 5 of Appandix A) are presented as they would be supplied,
i.e., as power bus requirements. The alternating current is supplied by internal
inverters on the aft flight deck of the Orbiter, and are not available in the
cargo bay without special Orbiter scar. (Weight associated with mounting

provisions)

2-2
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The STS sortie payloads (Table 6 of Appendix A) are candidates for the
LEO platform. The loads are designed to operate from the STS 28 Vdc bus, but
an inverter is required to supply alternating current loads in the cargo bay.
Reference 2-5 contains power requirements for public service payloads, many of
which are compatible with both the LEO and GEO platforms. Voltage requirements
were not given in the Reference 2-9 study (see Table 7 of Appendix A).

The loads survey indicates that actual voitage levels and regulation require-
ments are not known at this time for the majority of experiments and equipment.
However, the trend toward carriers and modules (even the STS can be considered
a module with power requirements given at the cargo bay interface) suggests that
power modules should provide relatively gross power at the docking interface, and
the carrier would then tailor this power to the specific payload needs.

The selected LEO platform will be capable of supporting payloads in the range
of 100 kw to 250 kw, average load. This gives a capture rate for all SASP, MEC,
multi-100 kw platform, cpace construction base, sortie payload and public service
payloads of greater than 97%.

The 250 KWe LEO platform power control and distribution system will be cap-
able of providingashirtsleeve environment at all times for the manned modules.
The station will be modular and will contain a docking module which will also
serve as a power control and distribution center. The system will be designed to
be self dependent during operation, with a man interface capability. The launch
vehicle will be the shuttle orbiter, and drag makeup will be provided by ion
propulsion. The LEO platform must support a diversity of payloads; therefore a
utility approach to electrical power generation, distribution and cost is indicated.
For example, the load scenario presented in Reference 2-5 shows a daily average
load of 142 KiWe, with peaks to 174 KWe. These totals are combined loads from 10
separate modules. Other modules such as the Materials Experiments Carrier

(Reference 2-2), and the Science and Applications Space platform (Reference 2-19)
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add their own multiple loads. This complexity points to fhe need for a Power
Management System (PMS), not only to manage the multiple channel platform with
its many subsystems, but to manage the loads themselves. The PMS will be dis-
cussed later in this report.

Alternate configurations for a 250 KWe LEQ Platform were investigated
under Contract NAS8-33198 (Reference 2-17). The trade studies indicated a dc
distribution system was superior for this application. The Reference 2-5 study
(ac distribution concept) has been reviewed; however, the ac system has not
been analyzed and developed to the same degree as the more mature dc system

concept.

2.1.1.1 LEO Spacecraft (Housekeeping) Requirements

In addition to supporting a variety of payloads in low earth orbit, the LEO
platform must be capable of maintaining its own functions. The energy required
for this maintenance is separable into two parts, orbital maintenance power and
housekeeping power.

Orbital maintenance is defined as the propulsive functions required to main-
tain an orbit within prescribed tolerances during satellite operations. Satel-
1ites drift from their desired orbit due to nonspherical earth gravitational
effects, aerodynamic drag, solar and lunar gravitational effects, and special
orbital demands (such as maintenance of an orbit about the noninertially fixed
eartn's equator). The degree of drift due to the various effects depends on the
satellite mission parameters, especially altitude.

The primary orbital disturbance at altitudes below 500 km is aerodynamic
drag; therefore, drag makeup will determine the ion propulsion requirements for
the LEO platform. An analysis of the orbital maintenance requirements for the

LEO platform is presented in Appendix B.
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Housekeeping includes all power required by the spacecraft (other

than payload support) to perform its mission. Indications are that approx-

imately ten percent of the payload power requirement {s a conservative

estimate for this function.

2.1.1.2 LEQ Mission EPS Operational Requirements

a)

b)

c)

d)

e)

f)

The EPS operational requirements are outlined below:

Purpose. To provide utility type electrical power (up to 250 KWe)
to a variety of undefined payloads.

Mission. Power platform will operate in LEO, 90-minute orbit,
36-minute eclipse maximum. Specific missions will be determined
by the payload requirements.

Manned Operation.

Irbit Maintenance. Ion propulsion engines will be powered separately

from the 250 KWe payload requirements.

Centrol. The EPS will be controlled by the PMS, with optional onboard

command or external command override.

Reliability

e The power system will be reliable to the point that 1ife support
requirements are met, including two failure tolerance criteria for
crew safety items per NHB 1700.7A (Reference 2-18).

® No single point failure will fail the mission; however, partial
power outages will be allowed and be accommodated by redundant
power buses.

e Proper component derating and high reliability parts will be incor-
porated. Failed equipment will be replaced via space shuttle refur-
bishment. Nominal design life will be 20 years, with a goal of 30

years.
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9) Environment
o Space shuttle launch requirements, as reflected 2t the
Orbiter/EPS interface.
o Normal LEO spacecraft design temperatures.

h) Output Capacity
o Provide continuous 250 KWe (maximum) to an undefined number

of payloads.

e Be flexible in nature and capable of expansion.

e Provide up to an additional 23 KWe during daylight periods for
fon propulsion engines.

e Provide up to an additional 25 KWe continuously for spacecraft
housekeeping loads.

2.1.2 Baseline LEO Platform Electrical Power System (EPS)

The baseline EPS which meets the above requirements is as follows.
A block diagram of the system is shown in Figure 2.1-1. In addition
to the above requirements, other assumptions are:
o The platform will be STS launched and serviced. The design
will include on orbit maintenance and repair capability.
e The platform will employ a photovoltaic solar cell array power
source.
o The platform will employ SASPM.
¢ The platform will employ 19905 technology.
2.1.2.1 System Voltage

A 250 KW system occupies an extensive area, and power must be

transmitted over relatively .ong distances. As indicated in Figure 2.1-2,

it 1s costly to transmit large amounts of power over long distances,

especially at low voltages.
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2.1.2.2

The curve of Figure 2.1-2 (Reference 2-17) indicates that most of

the payoff for higher transmission voltages has cccurred at 200 volts.

It 1s felt that for voltaces up to 400 Vdc, thare will be a minimum

effec: on 1990s switchyear technology, therefore, & voltage of 200-240 Vdc,
allowing. for derating, wis selected as the EPS main power bus voltage.

The SASPM for the LEO Platform must supply solar electric propulsion
at approximately 860 Vdc, and power to the load ceaters at 200-240 volts.
During the sunlit period, the battery will be charged at 240 Vdc, and during
eclipse the battery will supply the load centers with the power at the
battery discharge voltage (200 Vdc). Power conversion as required will be
accomplished within the load centers.

Energy Storage

A system efficiency diagram is shown in Figure 2.1-7. The total loac
in sunlight is 298 kw. In eclipse tne load 1s 276 kw, allowing 1 kw for
SEP system standby. The l1oad requirement on the energy storage subsyc*
during eclipse is:

275."“ = 278.8 kw

and, the total energy:
278.8 kw x 0.6 hrs = 167.3 kw-hrs
A trade study was condiucted comparing Ni-Cd and N1-H2 batteries and
fuel cells. The fuel cell was 2 close competitor of Ni-Hz batteries on a
mass basis, but did have several disadvantages (Figure 2.1-3).

o The failure of a single cell results in the total loss of a
power module.

o The low electrochemical efficiency of the regenerative fuel cell
requires a much larger solar arrav than that required for cnarging
batteries (Ref 2-17). The result is ar increase in aerodynamic
drag with an attendant increase in propulsion fuel requirements
for orbital altitude maintenance.
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Figure 2.1-2 Transmission Costs Low Above 200 Volts
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o The plumbing system required for fuel cells is extremely complex.
(Figure 2.1-4)

The results of this analysis (Ref 2-17) indicates a 250 A-hr, Ni-H,
cell to be the optimum choice for this application. A desired bus voltage
of 200 volts dictates a 160 cell battery baseline. At a depth of dis-
charge of 30%, each such battery would have a capability of

160 cells x 1.25 V/cell x 250 A-hr x .30 = 15 kw-hrs

The number of power channels is

167.3 kw-hr
15 kw-hrs

2.1.2.3 Power Generation

= 11 channels

Two solar array concepts were considered for the LEQ application.
Particulars for the planar array are presented in Figure 2.1-5, and for the
cassegranian concentrator solar array in Figure 2.1-6. The concentrator
array was selected over the planar array for two reasons.

o The area of the concentrator array is 10% less for a given power
output. This reduces aerodynamic drag make-up requirements, which
are significant in LEO.

o The cost projection for the concentrator array is 35 percent less
than the cost of a comparable planar array in terms of dollars

per watt.
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2.1.2.4 LEO Missi

o~ Baseline Sizing

ORIGINAL PAGE IS
OF POOR QUALITY.

The LEO Mission SASPM sizing model is shown in Figure 2.1-3

T o e e

—— X L]

—= 25KN

| —» 1602 @ 30V

j—— 0.2a 0 800V

= 5.0a 0 15V

—s 202 @ 860V

Note:

Array ..{EE:) - (D)
Spacecraft |Fwitchind \2 1
ar Unit
Array 5.622KW
o e
Processor
High
Voltage rray (m \
Solar Array [—JSwitchin \2/

Figure 2.1-7 LEO Solar Array Switching Power Management EPS

Sizing Model

Ion engine data was derived from NASA Technical Memorandum 79141

(reference 2-24)

Solar array output power =

©
{1}

0
1]

©
]

o
n

=
i

=%
1"

™
]

Load Power

P, +P, +P

wtPfe o, _h
. L) d L n * d '—E—-
" P 2 P

Housekeeping power + low voltage ion engine power

Battery charging power

Ion propulsion high voltage power

Wiring and connector efficiency=(.995)

Wiring and connector efficiency=(.99)

Solar array end of life efficiency=(.8)

Array processor efficiency=(.986)

(2.1-1)
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Degradation of the concentrator solar array as a function of time

in LEO 1s presented in Figure 2.1-8. For the nominal design life of 20
years, the array will degrade by 15%, and for the design goal of 30 years,
by 20%.
From equation (2.1-1) we have
PL + P" + ?Q, .
neon e d. €p n, d- €p
A1l the terms are known except P., the battery charging power.

Array Power (BOL) =

2.1.2.4.1  Battery Charge Requirements

Eclipse requirements: 250 KW to payloads
25 KW to housekeeping loads
1 KW to ion engine standby power
276 KW

276 t
Batteries supply (. 99;;t > = 278.78 KW

%_g._zg‘% :+ 1394 amperes .
36 minute eclipse

Charging requirements = (1394 amperes)(st minute s“ﬂﬁgm)(Rec:h'arge ratio)

= (1394)(%2-)(1.06) = 985 amperes
(985 amperes)(240 volts) = 236.4 KW

250,000W + 30622W + 236,400M 17,200

Array Power (BOL) = ST 49)(.995)(.8)(.986) ' T.99)(-B)(-9867

= 6654020 + 22025W

= 687,907 watts
Array size - 87,427 watts . 453 W
1500/ M
Array mass = %g%ﬁgj_ = 15276 Kg

The data for the solar arrays was ‘. ken from Reference 2.1-17,

2-16
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2.1.2.4.2 Ion Propulsion Beam Power - Array Sizing

Screen power =
Line losses = 17,200 (-'—:é-gg) = 174 watts

= 17,200 watts

\

ASU losses = 17 374 (]—:?;g) = 246 watts

Total = 17,620 watts

The end of life solar array power requirement is 17,620 watts.

B0L requirement =

no,.s:] MALES | 2 096 ot

This sizing assumes sunlight only operation of the ion engines.

The ion engine also requires 5788 watts of array power for the

lower voltace requirements, including distribution losses.

FAILURE RATE, BIT

0 (Fy)

0 2 4 g1
0 10 20 30
YEARS IN ORBIT
Figure 2.1-8 Concentrator Array Degradation as e

Function of Years in LEO




2.1.2.5 Solar Array Output Control

Sequentially-switched solar array segments, controlled by the power
source controller and the main power system controller accomplish simul-
taneous control of both array power and battery charging while supplying

load power.
2.1.2. 6 Power Transmission and Distribution

In the Reference 2-17 study, the power conditioning for the loads is
accomplished in the individual load centers. Each load center recefves
power with regulation determined by the charge and discharge voltage of the
battery. If a user has other requirements, special purpose inverters, con-
verters or regulators can be utilized without penalizing power delivery to
other payloads. In addition:

e The eleven payload power buses will have cross tie capability in case

of a channel failure. The bus can be isolated from the failed channel

and tied to an operable channel until a repair is made.

e Power buses cannot be paralleled without isolation. This {s to pre-
vent individual failures or faults from affecting other buses and to
insure proportional discharge of the batteries.

o A circuit breaker arrangement will control power delivered to pay-
loads. The main power system controller will monitor the loads so
that any one channel will not be overloaded.

2.1.3  Power Management System (PMS) Requirements
The PMS controls all functions associated with transmission, distri-
bution, processing, and conditioning of electrical power between the source,
energy storage, and the loads. PMS requirements were derived from

Paferences 2-5 and 2-17.
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The Electrical Power System (EPS) and PMS designs are interactive,

each being reflected in the design of the other. Figure 2.1-1 (page 2-7)

depicts the major elements and the associated power management elements.

Power management control is indicated by dotted 1ines. The PMS (and EPS)

designs accommodate modular expansion as the loads and/or channels grow

in power/quantity. The primary function of the PMS is to maintain a positive

energy balance; to ensure that either the energy storage system is completely

recharged during each charge/discharge cycle (when eclipse is involved), or

that over any group of cycles, on a recurring basis, as long as battery

depth of discharge criteria is not exceeded, the energy storage system will

be completely recharged. The EPS and PMS are designed to supply unregulated

peak power of up to twice the average load during daylight.

PMS reliability criteria are as follows:

No single failure or credible combination of failures will prevent

the system from operating in an acceptable degraded mode of operation.

The system will employ redundant controls, power conditioning equip-
ment and load paths.

Control and monitoring circuits will employ independent, redundant
power sources.

In case of module/component failures, the system will commence load
shedding according to a predetermined hierarchy de termined by & loads
analysis and the establishment of criticalities.

A11 components of the PMS that are subject to degradation, failure,
or wearout during the operational 1ifetime will be designed for

orbital replacement.
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The PMS incorporates built-in test capabilities for fault diagnosis that will
identify fafled or degraded power system elements. The testing system maintains
r-cords of the system "health," identifies trends as well as out-of-1imit condi-
tions, and provides test data that will make possible the prediction of the
remaining 1ife of system elements and forecasting of the required schedule for

repairs and replacements.

PMS design will observe the following maintainability criteria:
o The system will be designed for on-orbit maintenance by replacement
of failed modules/components.
o The system will use computer-controlled power management techniques

with the following capabilities:

Continuous monitoring of system health and performance

Detection and fsolation of faults

- Shifting loads around failed equipment

- Prediction of incipient failures and isolation of equipment

- Shutdown and isolation of failed equipment to prevent damage
to other equipment.

e The system will be designed to selectively shut down sections for
replacement of failed modules/components.

e Modules/components will be designed for ease of removal and replace-
ment with appropriate mechanicallatches, electrical connectors, fluid
connectors, etc. Maintenance operations will not require more than
two crewmen to accomplish any physical removal/replacement or repair
task.

o Environmental - The PMS shali be designed to operate in low earth

orbit (400 km) at an inclination of 28.5 degrees.

PMS elements that normally operate in a pressurized environment will continue

2-20




2.1.4

to perform their intended function without overheating, malfunction, or
electrical breakdown in the event that the surrounding pressure is reduced
to near vacuum (external conditions at the specified altitude). A1l PMS
components and assemblies when packaged or otherwise configured for delivery
to orbit will be designed to withstand the Orbiter flight loads and envircn-
ments defined in JSD 07700, Vol XIV, Section 4.2 (Ref. 2-23).
Safety. Specific safety design criteria that have been established for
the PMS are:
e Safety is a nontradeable consideration in PMS design. No single
failure or credible combination of failures will result in injury
to crew or damage to other equipment.
e The system shall incorporate redundant control and monitoring cir-
cuits. These will employ independent, redundant power sources.
e System design shall provide positive power removal capability before
disconnecting and reconnecting modules/components (dead facing).

A5U Projected Design Parameters

Assumptions

a) The parts count associated with the circuit details reflects a non-
redurdant configuration.

b) The solar array switches and the SASU control jogic circuits are packaged
in hybrid units to reduce parts count.

c) The uP controller and its associated logic circuits are packaged in
LSI chirs,

d) The weight estimate is derived from the actual weight of similar circuits

employed on existing spacecraft designs.

2-21
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e)

f)

e e

The selected sequencing configuration for the LEO mission is a 2 bit
binary count/sequenced arrangement which minimi2es parts count.

To reduce solar array switch dissipation, four MOSFETS are parzllel
connected in each hybrid.

Size: The ASU is packaged along the edge of the array closest to the
rotary t-ansfer loint. It will be attached to the array
stowage container.

Mass: 21.4 Kg 547.1 1b) per channel

5.2 Kg (11.4 1b) total for ion propulsion
Efficiency: 98.6%
*Parts Count: 625 for 10 channels

648 for channel controlling fon propulsion.
Total = 6898 Parts

*Includes current, voltage and temperature sensing circuits.
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2.2 GEOQ Platform

2.2.1 GEQ Mission Requirements_and Payload Selection
References 2-10 through 2-15 were reviewed toobtain suitable mission

requirements to allow formulation of the SASPM requirements for a GEO
platform. Table 7 of Appendix A summarizes the GEO payload requirements
obtained. The Geostationary Platform demonstration was selected as an appli-
cation for this study because the 25 o 50 Kie load requirement most nearly
matched the SASPM study requirements.
2.2.1.1 GEO Spacecraft (Housekeeping) Requirements
In addition to supporting a variety of payloads in geosynchronous earth

orbit, the GEO platform must be capable of maintaining its own functions. The
energy required for this maintenance is separable into two parts, station keep-
ing and housekeeping power.

In geosynchronous orbit, beyond the first order earth gravitational effect,
the second order forces acting on a satellite are the asphericity of the earth,
including oblateness and triaxiality, the gravitational attraction of the moon
and the sun, and solar radiation pressure. In order to maintain station, a
means of overcoming these effects must be supplied in GEO. In this case, fon
propulsion is selected as the solution. Power for the ion thrusters is
supplied by diverting payload power during those relatively small periods of
time whea orbit correction is required.

Housekeeping includes all power required by the spacecraft (other than
payload support) to perform its mission. The 25 kw SP was taken as a model
to determine these requirements; therefore, housekeeping loads of 5 kw are

assumed,

2-23




2.2.1.2 GEQ Mission EPS Operational Requirements

The EPS operational requirements are outlined below:

a) Purpose. To provide electrical power continuously (25 KWe to 50 KWe)
to a mix of communications and scientific payloads.

b) Mission. The power platform will operate in GEO, 24 hcur orbit, 1.2
hours eclipse maximum. Specific missions will be determined by the pay-
load requirements.

c) Unmanned Operation.

d) Orbit Transfer. The GEQ platform will be STS launched into LEO. Orbit

transfer to GEO will be accompiished by ion propulsion.
e) Control. The platform will be modular and will be independent in opera-
tion. It will be controlled by the PMS, with optional
external command override. Station keeping and position transfer will
be accomplished by the auxiliary and primary ion piropulsion systems.
f) Reliability

e The power system will be reliable to two failure tolerance criteria
for crew safety items per NHB 1700.7 (Reference 2-18).

e Standard component derating and high reliability parts will be incor-
porated. Nominal design life will be eight years in orbit, with a
goal of 10 years.

g) Environment

® Space shuttle launch requirements, as reflected at the Orbiter/EPS
interface. (Reference 2-23, Appendix 10.1)

o Normal GEO spacecraft design parameters while in orbit.

h) Output Capacity

® Provide continuous 25 KWe to 50 KWe to a combination of communica-

tions and scientific payloads.
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e Be flexible in nature and capable of expansion.
e Provide up to an additional 5 Ke continuously for spacecraft
housekeeping loads.

2.2.2 Baseline GEQ Platform Electrical Power System

The baseline EPS which meets the above requirements is as follows. A
block diagram of the system is shown in Figure 2.2-1. In addition to the
above requirements, other assumptions are:

o The platform will be STS launched into LEO, and transferred to GEO
by ion propulsion.
o The platform will employ a photovoltaic solar cell array power
source.
o The platform will employ SASPM.
e The platform will employ 1990s technology.
2.2.2.1 System Voltage

The argument of Section 2.1.2.1 for the LEO system voltage applies
equally to the GEO platform system voltage.

To minimize the mass of the solar array harness and the distribution
system, the highest practical voltage should be used for power transmission.
For the beam supply in the ion propulsion subsystem this would be ~860 volts.

Present solar arrays (SEPS, 25 kw SP, PEP) are designed for a maximum
power point voltage of approximately 200 volts, at the array average sinlight
temperature. Array maximum (cold) voltage is therefore 1in the neighborhood
of 400 volts. This voltage is presently driving the design of high voltage
(and high current) switches for space application to about 500 volts, and
as much as 500 amps. Therefore, a 200-260 volt system will be baseline for
the GEO mission.
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2.2.2.2 Energy Storage

2.2.2.2.1

Mass is critical for GEO applications. Because of their higher specific
energy (as projected for the 1990s), silver-hydrogen batteries were selected.
Ag-H2 cells are projected to have a specific energy of 81 Wh/kg by the 1990s,
as compared to a projection of 55 Wh/kg for Ni-H2 cells in the same time
frame. The current problem of silver solubility/migration is expected to be
controlled and a ten year cycle life (GEO) @ 75% DOD is projected
(Reference 2-21). The weight savings on a 150 AH Ag-H2 battery over a 150
AH Ni-H, battery is estimated to be 10kg. This is primarily due to the higher
specific energy of the silver electrode over the sintered nickel electrode
(a factor of 2.7) and the reduced weight of the cell container.

It is projected that high voltage batteries (120V-250Vdc) will be in
use in the 1990s. On-going studies such as the 25 kw Space Platform, (NASE-33956)

the 250 kw Platform study (Reference 2-17) and the Solar Electric Propulsion
System have identified the need for this technology.

A system efficiency diagram is shown in Figure 2.2-2. The total load in
sunlight is 55kw. It will be the same in eclipse. The ion propulsion system
will be used only in sunlight, and therefore no energy storage for this purpose

is required. The load requirements on the energy storage device in eclipse are:

-‘LSJE.WZ = 55554 watts
(.995)

The total energy is 55554 watts x 1.2 hours = 66665 watt hours
Battery Sizing

Assumptions:
e Number of charge/discharge cycles in 10 years: 1000
® Maximum eclipse duration: 1.2 hrs,
& Minimum sunlight duration: 22.8 hrs.
o Allowable battery depth of discharge: 75%
e Number of series cells: 168 (6 packs of 28 cells each)




o Cell size: 120 ampere-hours
*g Average discharge voltage: 1.2 volts/cell

Maximum charge voltage: 1.55 volts/cell
The overall EPS efficiency is defined in Figure 2.2-2

Each battery would have a capability of
168 cells x 1.2 volts/cell x 120 A-hr x .75 = 18,144 watt hrs
The number of channels is

66665 watt hours _
T84 watt hours ~ I channels

*[t is recognized that the silver hydrogen battery has multiple
plateaus in output voltage, however, for purposes of this study
an average of 1.2 volts per cell is assumed.

2.2.2.3 Power Generation

The solar array design characteristics given in Reference 2-20 are

shown below: (1990's projected capabilities)

Configuration Planar Concentrator
Solar Cell Type Silicon Gallium Arsenide
Cell Efficiency, ne 18% 30%

Cell Cost Moderate High

Specific Area 200 w/m 150 w/ml
Specific Mass (75 w/kg) (45 w/kg)

(no degradation)

It is projected that radiation resistant solar cells will be
developed in the 1990s. Radiation damage to silicon cells after ten
years in synchronous earth orbit could be less than 15%, (Reference
2-21), which is approximately half of the degradation predicted for
today's technology.

Because of the severe mass constraints on a GEO mission, the planar
array concept will be baseline. The projection of 18% efficient silicon

solar cells increases the planar array specific area to 135 watts/mz.
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2.2.2,4 GEO Mission Solar Array Switching Power Processing
The GEO Mission has two power system configurations; One when orbit transfer
or orbit maneuvering is taking place, and one when payloads are being supplied
the bulk of the power. The high voltage array is reconfigurable to supply pay-
loads. The SASPM system sizing model is shown in Figure 2.2-2

Spacecraft Y
Arr = AU, 1 ", @—»
Voltage ASU | o—-—(:::>ﬁ
Array
1 —&
High Ion
Voltage ASU .—-@— Engines Battery
Array 2 3}
High f
Voltage ASU | ._.@_
Array
n 1

Figure 2.2-2  GEQ Solar Array Switching Power
Management Sizing Model

PL*+ Pyt P
*Solar array output power = R B (2.2-1)

2 p

P. = Payload power ORIGINAL PLRE
OF POOR QUALITY

PH = Housekeeping power

0
L]

C Battery charging power

Wiring and connector efficiency = (.995)

a
f

n = Wiring and connector efficiency = (.99)

[= 9
n

Solar array end of life efficiency in GEO = (.85)

d = Solar array degradation through Van Allen region = (.75)

Array processor efficiency = (.986)

™
#

*Sizing based on payload operations mode.
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In addition to the 15% degradation in GEQ, the solar array is projected
to degrade 25% as it travels through the Van Allen region (Figure 2.2-3).

From equation (2.2-1) we have

P, +P, +P ORIGINAL :
LY e PAGE 19

Array Power (BOL) = ———F—t OF PoO
n oncd dceg R QUALITY

A1l the terms are known except the battery charging power.
2,2.2.4.1 Battery Charging Requirements

Eclipse requirement: Up to 50Kw for payloads

5Kkw for housekeeping loads
TEKw Total

Batteries supply 5503‘;5"‘“"5 = 55554 watts
55554 watts
200 volts average

= 277.8 amperes

Charging requirements = (277.8 amps)(recharge ratio)(discharge/charge ratio)

(277.8)(1.1) (J52g0prs )

16.1 amperes

(16.1 amps){260 volts) = 4186 watts
50,000W + 5000W + 4186W

Array Power (BOL) = mﬂm

= 25,588 watts
95588W 2
Array size iy 708 m
135W/m
Array mass = g—g—g%—a% = 478 Kg
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2.2.2.5 Solar Array Output Control

Sequentially-switched solar array segments, controlled by the power
{ source contrcller and the main power system controller accomplish simul-
taneous control of both array power and battery charging while supplying
load power. The need for a battery charger and line regulator can be
eliminated 1f no more than one battery per channel is utilized. The
configuration of the array switching unit is the subject of Task 2.

2.2.2.6 Power Transmission and Distribution

In the Reference 2-17 study, power conditioning for the loads is
accomplished in the individual load centers. Each load center receives
power with regulation determined by the charge and discharge voltage of the
battery. If a user has other requirements, special purpose inverters, con-
verters or regulators can be utilized without penalizing power delivery to
other payloads. In addition:

e The four payload power buses will have cross tie capability in case of

a channel failure. The bus can be isolated from the failed channel and

tied to an operable channel until a redundant unit is commanded in.

o Power buses cannot be paralleled without isolation. (current limited)
This is to prevent individual failures or faults from afrecting other
buses and to insure proportional discharge of the batteries.

® A circuit breaker arrangement will control power delivered to payloads.
The main power system controller will monitor the loads so that any
one channel will not be overloaded.

2.2.3 GEQ Power Management System (PMS) Requirements

The GEO PMS includes all functions associated with the transmission,
distribution, processing, and conditioning of electrical power from the source
to the load, including the energy storage subsystem control. The design of
the EPS and PMS are interactive, each having an effect on the configuration of

the other. The FMS requirements are derived from References 2-17 and 2-18.
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Figure 2.2-1 depicts the major EPS elements, with the PMS Control
indicated by dotted 1ines. Both the EPS and the PMS are designed on a
modular basis in order to provide a flexible response to demands for load

expansion or power increases.

For a 25 KWe to 55 KWe EPS, a transmission (main power bus) voltage of
200 to 240 will be baseline (see Figure 2.1-2). High voltage for the fon pro-
pulsion engines (860v) will be supplied directly from the solar array switching
unit. Lower voltages, tight regulation, or AC power will be supplied by local
converters in the individual payloads. Critical loads will be powered from
more than one bus. The EPS will be designed tn supply an average continuaus
load in the range of 25 KWe to 55 KWe. In addition, during daylight, peak

loads of approximately twice the average load can be supported by the power

system (to an unregulated bus).
PMS reliability criteria for the GEO application are as follows:

® The system failure mode will be a graceful degradation. No single
failure or credible combination of failures will prevent the system
from operating in an acceptable degraded mode of operation.

e Redundant controls, power conditioning equipment and load paths shall
be employed.

e Control and monitoring circuits shall employ independent, redundant
power sources.

e In the event of module/component failure of such a magnitude as to
degrade system capability, the system will shed loads according to
a predetermined heirarchy, based on a load analysis and an established
order of criticality.
The PMS incorporates a built in test capability for fault diagncsis

that identifies failures and incipient failures (degraded performance). The

testing system will maintain records of out of limit conditions, and identify
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trends. These data will aid in the prediction of incipient failures, and

make possible the graceful degradation of the system capability while mini-

mizing the effect on payload operation.

The PMS will observe the following maintainability critera:
The system wil! be unmanned. . To the Jegree possible within cost con-
straints, all components of the PMS that are subject to degradation,
failure, or wearout during the 10 year operational 1ifetime shall be
designed so as not to preclude orbital replacement.
The system will employ computer controlled power management techniques
with the following capabilities.
- Continuous monitoring of system health and performance.
- Detection and isolation of faults.
- Shifting loads arrund failed equipment, or conversely, substituting
redundant units fo, failed equipment.
- Prediction of incipient failures.
- Capability to shut down and isolate failed equipment in order
to prevent damage to other equipment.

The PMS is designed to operate in a geosynchronous earth orbit. PMS

elements will perform their intended function without overheating, mal-

function or electrical breakdown while operating in near vacuum conditions.

A1l PMS components and assemblies will be subjected to two flight load and

envircamental profiles.

the following safety criteria apply.

Initial delivery to LEQO will be Orbiter. The PMS must withstand the
criteria of JSC 07700, Vei. XIV, Section 4.2 (Ref 2-23).

Orbit transfer from LEO to GEQ will be via ion propulsion,

When the platform is in contact with or in the vicinity of the Orbiter,

STS Safety lianual (Reference 2-18).

2-34
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2.2.4

2.2.5

o Safety is a non-tradeable consideration, no single failure or
credible combination of failures shall result in crew injury or
damage to other equipment.

o On those functions identified as safety critical, two failure
tolerant design criteria shell apply.

o On these same functions, the system shall incorporate redundant
control and monitering circuits, with independent, redundant

power sources.

o System design shall provide desdfacing of power connectors where-
ever feasible for maintenance operations.

ITon _Engine Power Analysis

The initial solar array power available to the ion engines is computed
as the array BOL capability minus the 25% loss in the Van Allen region and the

array BOL requirement for housekeeping loads.

(95,588)(.75) - % 63,72

The solar array size required for 0.5 Newton thrust is 17,620 watts of
high voltage and 5622 watts of lower voltage power plus distribution losses
of 166 watts.

Total solar array requirements for 1/2 Newton thrust ion propulsion
= 23,409 watts. Scaling this to the available solar array power

Z3"§U9_3 723 ::tts 0.5 Newton

recults in a thrust capability of 1.361 ilewtons. (ISP = 5600 seconds)
ASU Projected Design Parameters (4 channels)

As umptions

a) The parts count associated with the circuit details reflects a nor-
redundant configuration.
b) The solar array switches and the SASU control logic circuits are packaged
in hybrid units to reduce parts count.
2-35




c¢) The sequencing approach was selected on the basis of minimizing
the number of parts.

d) The uP controller and its associated logic circuits are packaged
in LSI chips.

e) The weight estimate is derived from the actual weight of similar
circuits of existing spacecraft desigrs.

f) The selected sequenciig configuration for the GEO mission is the
4 bit binary count/sequenced arrangement.

g) To reduce colar array switch dissipation, four MOSFETS are parallel
connected in each hybrid.

Size: The unit is packaged along the edge of the array closest to the

transfer joint. It will be attached to the array stowage container.
Weight: 22.9 Kg (50.3 1b) each of 4 channels, 91.6 Kg total
Efficiency: 98.6%

*Parts count: 291 (each of 4 channels) 1164 total

*Includes current, voltage and temperature sensing circuitry.

2.3 lon Propulsion Orbit Transfer Vehicle (IPOTV)

2.3.1 IPOTV Mission Requirements

The 250 KWe IPOTV will be capable of providing a means of 1if*‘.g pay-
loads from LEO tc GEO and back. Whil: in GEO, the IPOTV will be capable of

supplying any combination of housekeeping and payioad support requirements

continuously of up to 5 KiWe.
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2.3.1.1

The IPOTV will be modular and will contain a docking module which will
serve as a power control and distribution center. The system will be
designed to be independent during operation. The launch vehicle into LEO
will be the Shuttle Orbiter.

An operational scenario for the IPOTV is as follows. The stowed IPOTV
would be 1ifted into LEO by the orbiter where it would be docked with the
250 KWe LEO Platform until required. The platform would supply housekeeping
facilities in order to preclude the necessity for extending the IPOTV solar
array and therefore increasing drag. When desired, a payload would be
docked with the IPOTV, and lifted into any desired orbit from LEQ to GEQ. If
the payload power requirements are within the capability of the IPOTV, the
IPUTV could be used as a power platform to support the payload. At termina-
tion of the need for the IPOTV during a given mission, the IPOTV could:

a. Remain in GEO until required to return a payload.

b. Return to LEO to repeat the scenario.

A prime consideration is minimization of the trips through the Van Allen
belt because of radiation degradation considerations.

The IPOTV, under the above scenario, must be capable of supporting a
diversity of payloads, therefore, a utiliiy approach similar to that employed
on the LEO Platform is indicated. This approach points to the requirement
for a Power Management System (PMS), both to manage loads and to control
operation of a highly complex, independent, unmanned system.

1POTV Life Estimation

Life of the IPOTV is based on the number of trips through the Van Allen

belt, and the dwell time there. This subject is addressed in Appendix B.
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2.3.1.2 IPOTV Mission EPS Operational Requirements

The EPS operational requirements are outlined below:

a) Purpose. To provide electrical power of 5 KWe continucusly to a mix of
housekeeping loads and payloads in GEO, and to supply an initial 250 KWe
(minus housekeeping loads) of power to an ion propulsion system for
lifting the payload between LEO and GEO

b) Mission. The IPOTV lifting from LEO to GEO, and dwelling at GEO in a
24 hour orbit, with 1.2 hours eclipse maximum.

¢) Unmanned Operation

d) Orbit Transfer. The IPOTV will be STS launched into LEO. Orbit transfer

to GEO will be accomplished by ion propulsion.

e) Control. The IPOTV will be modular and will be completely independent
in operation. It will be controlled by the PMS, with external command
override.

Station keeping and position transfer, orbit transfer and drag
makeup will be accomplished by ion propulsion.

f) Reliability. The EPS will be reliable to the point that life support
requirements are met, including the two failure tolerant criteria for
crew safety items in Reference z-18 when the IPOTV is attiachad to or 'ithin
the vicinity of the orbiter or the 250 KWe manned platform. Proper com-
ponent derating and high reliability parts will be incorporated. Nominal
design 1ife will be 8 to 10 years in orbit excluding the solar array,

) gﬁvfiggégxgnsidered replaceable,

e Space shuttle launch requirements, as reflected in Reference 2-23.
e Normal LEO and GEQ spacecraft design requirements while in orbit.

h) Output Capacity

e Provide continuous 5 KWe to housekeeping (and possibly payloads).
e Provide up to 250 KWe (minus housekeeping loads) (BOL) during daylight

hours for ion propulsion.
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2.3.2 Baseline IPOTV Electrical Power System

The baseline EPS which meets the aforementioned requirements is as
follows. A block diagram of the system is shown in Figure 2.3-1. In
addition to the above requirements, other assumptions are:

e The IPOTV will employ a photovoltaic solar cell array power source.
e The IPOTV will employ SASPM.
e The IPOTV will employ 1990s technology.

2.3.2.1 System Voltage

Ongoing studies (SEPS, 25KW SP, PEP) are looking at solar arrays designed
for a maximum power point voltage of approximately 200 volts for a warm
array. The 25KW SP has a 120 volt dc bus for payloads and housekeeping.
The design is directly applicable to the spacecraft bus on the IPOTV.
The desired voltage (860V) for ion propulsion offers some problems of
implementation. For example, in LEQ, plasma interaction starts at approx-
imately 200 volts, with arcing and corona occurring somewhere above 500
volts. Environmental interactions are discussed in more detail later in
this report.
2.3.2.2 Energy Storage

A system efficiency diagram is shown in Figure 2.3-2. The total (max-
imum) Toad in sunlight is 250 KW.
The requirement {or standby power for advanced argon engines has not
been studied. For this analysis 5 KW maximum has been estimated.
Eclipse requirements
a) 5 KW to housekeeping loads
b) 5 KW ion engine standby power

Batteries supply = 10,000 watts

> = 10,100 watts
(.995)

10,100 watts _
—100 voits 101 amperes
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Spacecraft AR
Fra B s - W
High
V:moc ASU -@-
rray
High —
Battery
Volta ASU -@- Ion
Aﬂ‘!r E Engines
High "= wiring and connector
Voltage ASU -@- efficiency = (.993)
Arrdy o mn,= wiring and connector

L

efficiency = (.99)

Figure 2.3-2 [IPOTV Solar Array Switching
Power Management Sizing Model
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2.3.2.3

The total energy = 10,100 watts x 1.2 hrs = 12J20 watt-hrs.

This is the maximum discharge case (GEO).

A 50 amp-hour,ni-nz cell was selected for this application. Eighty
cells in series constitute a single battery. At a depth of discharge
of 75% each such battery will have a capacity of

80 cells x 1.25 v/cell x 50 A-hrs x .75 = 3750 watt-hrs

The number of power channels is

12120 watt-hrs « 3 channels
J750 watt hrs/channel

Power Generation

Design characteristics for planar and concentrator arrays were presented
in Section 2.2.2.3. Because of the severe mass constraints (transition time
in the Van Allen belt region is inversely proportional to total mass) on

the IPOTV, the planar array will be baseline. (minimum mass)

2.3.2.3.1 Battery Charging Requirements

The maximum battery charging requirement occurs in LEO.

36 minute eclipse
54 minute sunlight

Maximum battery charge =(101 amperes)( )(recharge ratio)

#

(101)(%%)(1.06)

1]

71.4 amperes
(71.4 amps)(120 volts)

8,568 watts

2.3.2.3.2 ASU Qutput Requirements

1. Housekeeping: 5000 watts/(.995)(.92) = 5,976 vatts
2. Battery Charging: 8563 watis/(.995)(.99) = 3,593 watts

Total: 13,774 watts
Losses in the ASU:

13,774 ("'ggg)= 196 watts
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The concept of the IPOTV power system is to start with a 250 KW array
and use it until it degrades to 55 KW, at which time it is to be replaced.
The degradation factor is %%6 = 0,22

Array Power = 13,774 + 196 = 13,970 watts, (EOL)

13970 63,500 watt
Housekeeping loads and battery charging require 63,500 watts of array

Array BOL requirement =

power (BOL). An array reconfiguration schedule based on the percent reduc-
tion of output power can be implemented so that initially 15 KW would be
allocated to the spacecraft bus. As the array degrades, array increments of
1 KW capability would be switched in. This would allow the maximum power to
be supplied to the ion engines. This flexibility is not available with con-

ventional power processing techniques.

Array size = 250,003 watts . qgson?
135W/m

Array mass = 250,000 watts _
2004/Kg 1250Kg

2.3.2.3.3 Hignh Voltage Array Output

Initial output power of the high voltage array would be 250KW-15KW = 235KW.

Each 0.5 Newton ion engine requires 23,409 watts (Section 2.2.4).

c
The projected initial thrust capability =2%%i%%% (.5 Newton)= 5.019 Newtons

2.3.2.4 Solar Array Output Control

Control will be similar in design to the LEO system.

2.3.2.5 Power Transmission and Distribution

For the spacecraft bus, the regulation will be determined by the battery
charge and discharge voltage. The high voltage bus will initially be con-
trolled at 960 volts. After the solar array degrades to 720 volts, the array
will be reconfigured back to 960 volts. Reconfiguration is covered in
Section 3.

¢ The three spacecraft power busses will have cross-tie capability

in case of a channel failurn.
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2.3.3

e Power busses cannot be paralled without isolation. This is to
prevent individual failures or faults from affecting other busses,
and to insure proportional discharge of the batteries.

o A circuit breaker arrangement will control power delivered to pay-
loads. The main power system controller will monitor the loads so
that any one channel will not be overloaded.

IPOTV Power Management System (PMS)

The PMS includes all functions associated with the transmission, distri-
bution, processing and conditioning of electrical power from the source to
the load, including the energy storage subsystem control. The design of the
EPS and PMS are interactive, each having an effect on the configuration of
the other.

Figure 2.3-1 depicts the major elements of the EPS, with the PMS control
indicated by dotted lines. Both the EPS and the PMS are designed on a modular
basis in order to provide a flexible response to varying demands.

A transmission (main power bus) voltage of 100-120 volts for the
spacecraft housekeeping loads is baseline. High voltage for the ion pro-
pulsion (860V) will be supplied directly from the solar array switching unit.
Lower voltages, tight regulation, or AC power will be supplied by local con-
version in the individual loads. Critical loads will be powered from more
than one bus. During daylight only, peak power of 235 kw will be available
to the ion propulsion system, at the beginning of 1ife.

PMS reliability criteria for the IPOTV application are as follows:

o The system failure mode will be a graceful degradation. No single
failure or credible combination of failures will prevent the system
from operating in an acceptable degraded mode of operation.

o Redundant controls, power conditioning equipment and load paths shall
be employed.

¢ Control and monitoring circuits shall employ independent, redundant power

sources. 2-44




o In the event of module/component failure of such a magnitude as to
degrade system capability, the system will shed loads according to a
predetermined heirarchy, based on a load analysis and an established

order of criticality.

The PMS incorporates a built-in test capability for fault diagnosis that
identifies failures and incipient failures (degraded performance). The testing
system will maintain records of out of limit conditions, and identify trends.
These data will aid in the prediction of incipient failures, and make possible
the graceful degradation of the system capability while minimizing the effect

on system operation.

The PMS will observe the following maintainability criteria:
® The system will be unmanned. To the degree possible within cost
constraints, all components of the PMS that are subject to degradation,
failure, or wearout during the 10 year operational lifetime shall be

designed so as not to preclude orbital replacement in LEO.

® The system will employ computer controlled power management techniques

with the following capabilities.

-Continuous monitoring of system health and performance.
-NDetection and isolation of faults.

-Shifting loxds around failed equipment, or conversely, sub-
stitutjng redundant units for failed equipment.

-Capability to shut down and isolate failed equipment in o~der

to prevent damage to other equipment.
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The PMS {s designed to operate in transition orbits from LEO to GEO.
S elements will perform their {ntended function without overheating,
mifunction or electrical breakdown while operating in near vacuum con-
ditions. A1l PMS components and assemblies will bec subjected to two
flight load and environmental profiles,
o Initial delivery to LEO will be by Orbiter to a manned LEO platform,
The PMS must withstand the criteria of JSC 07700, Vol, XIV, Section 4.2
(Ref. 2-23) while in these modes,
o Orbit transfer from LEO to GEO will be via ion propulsion., When the
platform is in contact with or in the vicinity of the Orbiter or the
LEO platform the following safety criteria apply. The basis for these
rules is NHB 1700.7, STS Safety Manual  (Ref. 2-18),

o Safety is a non-tradeable consideration; no singlefailure or credible
combination of failures shall result in crew injury or damage to other
equipment.

¢ On those functions identified as safety critical, two failure tolerant

design criteri- shall apply.

o On these same funciions, the system shall incorporate redundant control

and monitoring circuits, with independent, redundant power sources.

o System design shall provide deadfacing of power connectors for

maintenance operations.
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2.3.4

ASU Projected Design Parameters (3 channels)

A conceptual design was not completed for the IPOTV mission. Data
was extrapolated from the LEO mission, which has similar design require-
ments.

Size: The ASU is packaged along the edge of the solar array closest to
the rotary transfer joint. It will be attached to the array

stowage container.

Weight: Approximately 23 kg (51 1b), each of three channels
Efficiency: Approximately 98.6%

*Parts count: Estimate 1938 total parts (each of 3 channels)

*Includes current, voltage and temperature sensing circuitry,
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3.0 TASK II
CANDIDATE CONCEPTS ANALYSIS AND SELECTION

"Identify SASPM concepts tha: could satisfy the requirements

defined in Task I. Compare the SASPM concepts according to
cost, weight and volume, reliability, efficiency, and thermal
control. Determine the concept impacts on mission character-
istics and hardware. Establish conventional power processing
baseline data."

3.1

Identification of Candidate Concepts

Four basic switching configurations which are capable of controlling solar

array segments have been defined. These four candidate concepts are shown in
Figure3.1-1, From these basic configurations, or some conbination thereof, the
SASPM implementation scheme will be derived.

3.1.1 Series Switching, Series Array Configuration

This configuration is presented in block diagram form in Figure 3.1-1 (A).

Primary features of this cor-ept are:

e The unused so:ar array sections are bypassed, with
each bypassed section being open circuited.

e The bvpass switches are effectively in series with
the svlar array sections.

e The open circuit voltage is controlled by control switch status
(open-close).

o The solar array voltage is the control parameter. The individual
section (and therefore solar array) current is not directly conirolled.

Advantages of the series switched, series array configuration are:
e Tie bypassed solar array sections are open-circuited. There fis
no poser generated by the open section, and therefore no need to
dissipate such power elsewhere.

o Because of the open circuft condition, shadowed cell stress (hot spots)

and reverse voltage stress may be circumvented by proper selection of gen-

erating solar array sections under varying spacecraft attitudes and shadow
patterns.

o This configuration provides the capability of extinguishing arcs in the ion
propulsion system, in case the arc is not automatically extinouished
by array voltage collapse.
3-1
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3.1

There are some inherent disadvantages in this type of solar array switching:

.2

The switchgear tends toward complexity, with each switch being a
"double-throw" device, (two separate on positions), rather than an
on-off function.

The wiring can be complex if the switches are not directly on the solar
array, but are located in a central location.

The switches are in series, therefore each switch must be rated to
conduct the full string current (but only a fraction of the voltage).

In order to prevent reverse current flow during eclipse periods, a
blocking diode is required betwe=n the solar array and battery buses.
In order to provide isolation of solar array sections for hot spot con-
trol, it may be necessary to install a blocking diode in each section.

The series connected switches result in higher losses when array power
is needed.

The switches are not referenced to ground which requires a more complex
drive circuit.

Shunt Switching, Series Array Configuration

The block diagram for this system is shown i' .igure 3.1-1 (B). Primary

features for this concept are:

Solar array sections whose output is not required are shorted by switches.

These switches control solar array open circuit voltage rather than the
short circuit current of the array sections.

The section (and therefore solar array) current is not directly
controlled.

Advantages of the shunt switched, series array configuration are:

There are some disadvantages to this type of solar array switching arrangement:

Dissipation occurs in the switches only when they are closed; only
whcn excess (to the load requirements) solar array power is available.

The number of solar cells that can be shorted is Timited. In the shorted
condition, a weak cell can be driven in the reverse direction, which
creates a hot spot and/or reverse voltage stress.



° Each solar array section requires a series blocking diode
in order to prevent current flow into a dark (or shorted
to ground) solar array from the remainder of the system.

° Because of the string length per switch element, and the
difficulty involved in isolating individual sections, cell
shadowing stress may be a problem.

° The individual switches are floating (not referenced to
ground) with the exception of the bottom switch in each
string.

° If the switches are centrally located, the wiring can be complex.

3.1.3 Shunt Switching, Parallel Array Confiquration

The block diagram for this version is shown in Figure 3.1-1(C). Salient
features of this type of arrangement are:

() The solar array sections that are not required for load support
are shorted by switches.

° The technique is to employ the switches to control short circuit
currert of the solar array strings instead of the open circuit
voltage as was the case for the series array configurations.

The advantages of the technique are:

° The switch drive electronics are referenced to ground in all cases,
and are therefore comparatively simple, adding no additional wiring
complexity to the existing design.

° Maximum switch dissipation occurs only when excess solar array
power is available and the switch is closed.

Disadvantages of the shunt switched configuration are:

(] In order to protect against reverse .rrent flow in eclipse or
during ground fault con.itions on the solar array, series blocking
diodes are required.

° Cell stress during shadowing (or cracked cells) is a problem which
must be overcome by cell paralleling or shunting techniques.

(] The switch gear must withstand the high voltage of a cold array.
This may be in the neighborhood of 800 volts with a nominally
operating 400 volt solar array if the batteries are not clamping

the bus.
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3.1.4 Series Switching, Parallel Array Configuration
This system is presented in block diagram form in Figure 3.1-1 (D).
Primary features are:
0 Solar array sections not required for load support are
open circuited by switches.

° As in the previous parallel connected configuration, the
switches are employed to control current rather than voltage.

Advantages or series switching are:

() 0f all configurations considered, the series switching,
parallel array one offers the best opportunity for central-
ized switching, and therefore minimizes wiring complexity.

° By placing the switches between the main power bus and the
solar array, an opportunity is offered to provide the
blocking diode function in the SASU.

¢ Ths switzh drive is ¢omparative.y simpler thun inat uced fur
either of the series solar array segment configurations.

[ This configuration provides the capability of extinguishing
arcs in the ion propulsion system.

Disadvantages are:
® Maximum power dissipation in the switches occurs when the
switches are closed, which occurs at maximum system load.

3-5




3.1.5

3.1.6

3.1

.7

Cost Comparison of Switch Configurations

concept B costs are higher than those for the concept A
because:
e The switchgear must withstand the full range of the solar
array voltage, and therefore higher voltage switchgear is
required,

e Techniques for overcoming cell stress during shadowing must
be implemented (probably shunt diodes).

e Series blocking diodes are required. In ccncept A
this feature may be incorporated into the switch.

The costs of concept C are driven above Concept B

by requiring more complex switchgear, each switch being a “"double-
throw" device, (two separate on positions), rather than an on-off
function. The wiring will be more complex if the switches are not
directly on the solar array, but are located in a central location.
Concepts A and B offer a high probability of centralizing switching,
while the other two concepts probably demand on array switching. A
further cost driver is that the switches are in series, and therefore
each switch must be rated to conduct the full string current.

Concept D has more severe cell stress due to shadowing, and
therefore the cost of implementing this concept will be higher than
concept C.

Switch Configuration Weight and Volume

The requirement for series blocking diodes increases the weight and
volume of concept B over concept A, assuming this function can be
incorporated into the switch in concept A. concept C requires a larger
and heavier switch, and more extensive wiring if the switching function
is not directly on the solar array as is highly likely with a lightweight
array.

Switch Configuration Reliability

The reliability of ail four concepts can be enhanced by redundancy.
There appears to be no inherent advantage in any of the concepts.
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The preferred failure modes will be "switch closed" in concepts A

and C, and 'switch open" in concepts B and D, Each of such failed
sections would then become part of the always on portion of the array.
The reliability of the switches themselves will be addressed in section 4.

3.1.8 Switch Configuration Efficiency

Svitch dissipation losses are the least at full load for the shunt
switching concepts. The highest efficiency can be obtained in the
shunt switching of parallel array segments - (concept B), The shunt
switching of series array segments does, however, have losses assoc-
jated with the increased wiring complexity.

3.1.9 Thermal Aspects

For a 1ightly loaded system, the shunt switching concepts shunt the

excess array current through the switches, with concept B switching the most
current (full string output) and concept D a less amount. The series
switchéd elements dissipate less, with concept C dissipating only a

portion of its normal current losses, and concept A (open) being required

to dissipate no power. There will be marginally more thermal losses in

the systems requiring longer wire runs.

3.1.10 Recommendations

The foregoing cursory look at cost, weight and volume, reliability, ef-
ficiency, and thermal control was undertaken to determine if any of the
switching configuration concepts should be eliminated from further consid-
eration. The concepts and criteria are compared in Table 3-1.

TABLE 3-1
Comparison of Concepts

Concept Criteria*
Cost Weight Reliability Efficiency Thermal

1 1 1 1 1

o O W >

2 2 1
3 3 1
4 3 1

N NN -

3
2
3

*Note: 1 is best.




3.2

Solar Array Switching Unit (SASU) Functions

The analysis of the three proposed missions shows that the SASU must
accomplish several functions. First, it must provide voltage regulation
for both the 100 - 260 volt spacecraft busses and the 860 volt ion pro-
pulsion busses. The SASU must also provide the charge control mechanism
for the spacecraft batteries which (mechanism) requires additional control
circuitry that can be modified based on the battery state-of-health. For
the ion propulsion application, arcing conditions can occur within the ion
engines which result in a short on the ion propulsion power bus. Although
the solar array is in itself .urrent limiting, a required function of the
SASU is to ensure that the solar array voltage can be diminished to the
point that the arc is extinguished. For the GEO and IPQTV applications,
solar array reconfiguration is advantageous and can be performed by the SASU.
Finally, there are times when the solar array must be deactivated for
maintenance and refurbishment. This function can easily be accomplished
by the SASU.

The critical parameter specifications for the functions to be performed

by the SASU are listed in Table 3-2. These parameters can be broken into
two general categories of dc or steady state conditions and ac or time
variant conditions. The dcconditions require a monitoring and control
mechanism that can control related system parameters within a certain
accuracy or resolution. This requirement has a direct effect on the size
of the array segments that must be switched. For example, a voltage
regulation specification of 5% requires that the incremental change in
array output capability must be small enough to maintain the 5% accuracy
for all bus loading conditions. The acconditions set the requirements
for the SASU to respond to perturbations in the power system. The ability
of the SASU to respond to perturbations is a function of the frequeacy at
which the secticn. are switched and the size of the array segment that is
switched. For example, the designer must decide whether to switch four

1 KW sections at a fixed frequency or eight 500 watt sections at twice the
frequency for a four KW load change on the bus. A review of Table 3-2
shows that the array sections size and the switching frequency are the two
principal design variables that must be determined in the design of an SASU.
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Table 3-2 SASPM Critical Parameter Specifications

Affects SAS
Specification Specified In Design Parameter

Voltage Regulation Specification
DC Voltage Limit . Percent Array section size
Transient response Percent Overshoot Array section size

o Turn on/off Time Period Switching Frequency
o Load/source

Output impedance Ohms Array section size

Frequency Range Switching frequency
Stability Phase/Gain Margin Switching frequency
Load Variations/ Watts/Time Array section size
Characteristics Switching frequency
EMI Susceptibility Vp-p/Frequency Array section size

Switching frequency
Battery Charging/State-of-Health Specifications

0C Current Limit Amperes Array section size
e Full charge
o Trickle charge
voltage Limit Volts, °F Array section size
o Temperature
compensated
o Programmable
Ampere-Hour Ampere-Hours/ Switching frequency
Integration 5087000
Cell Voltage Yolts Array section size
Monitoring
Overtemperatura
Protection °F Array section size
ARC Protection Specifications (SEPs®
DC Current Limit Amperes Array section size
Transient Response Time Period Switching frequency
Stored Energy Joules Array section size

Switching frequency
Solar Array Reconfiguration Specifications

SEPS and S/C Bus Volts Array section size
Voltages

Power Requirements Watts Array section size
Reconfiguration Seconds Switching frequency

Time




3.2.1

3.2.1.1

3.2.1.2

3.2.1.3

SASU Sequencing Approaches

Once the switch configuration has been selected, then the manner in

which the switches are sequenced must be investigated, Five basic
sequencing concepts were derived for the study and are shown in Figure 3.2-1
The advantages and disadvantages of each concept are discussed below.

Series Sequenced

The series sequenced approach uses a shift register to sequentially
switch each array segment. Each array segment is equal in size, The
advantages of this approach are that the control method is straight-
forward, the stability of the feedback loop is easily determined, and
a minimum number of control 1ines is required to the shift register,
The disadvantages of this approach are that a large number of switches

are required for fine control of the power bus, and a high switching
frequency is required for a fast transient resoonse.

Binary Count

The binary count approach uses a binary counter as the sequencing

device. The solar array segment sizes are binary weighted for this
approach. The advantage of this approach over the series sequenced
approach is that the required number of switches is reduced. This
approach, like the series sequenced approach, uses a minimum number

of control lines and the control method is straightforward. The feedback E
loop stability is also easily determined. A disadvantage of this approach 5
is that the last segment reduires a very large switch. Also, a very high

switch frequency is required for fast response.

Binary Count/Sequenced

This approach combines the advantages of the shift register and the binary
counter. The binary counter is used for fine control and the shift register

is used to switch large segments. In this manner, the number of switches

are reduced over the series-sequenced approach and the requirement to switch
large power in the final section is eliminated. Like the first two approaches,
this approach uses a minimum number of control lines, the control method is
straightforward, and the feedback loop stability is easily determined. This
approach also has the same disadvantage as the first two in that a high switch-
ing frequency is required for fast response.
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3.2.1.4

3.2.1.5

3.2.1.6

Linear/Sequenced

The linear sequenced approach uses a small linear shunt regulator in
conjunction with a shift register. The linear regulator provides the

fine control up to the power level in each array segment. An advantage

of this approach is that fine control can be provided by the linear reg-
ulator with a relatively lower switching frequency in the shift register.
This approach also has increased design flexibility when considering the
linear and digital design trade-offs, The disadvantages of this approach

are that higher power is dissipated in the linear regulator as comparad to
the digital approaches and the stability of the feedback loop is more complex
with the combination of iinear and digital elements.

Direct Address

The direct address approach uses a microprocessor in conjunction with a
demultiplexer to provide the switching control. An advantage of this
approach is that several switches could be addressed simultaneously and
thereby reduce the transient response time. This approach also prevides

the maximum flexibility in adapting to varying spacecraft conditions over
the life of the mission. The disadvantage of this approach is that it is
the most complex cuntro! scheme, and the stability of the feedback loon
would be difficult to determine if multiple array segments were switched

at varying frequencies. The speed of the microprocessor could be a limiting
factor if a fast transient response is required.

Summary

Five sequencing approaches have been presented that illustrate the
parameters that must be considered during the design of the sequencing
circuitry. Many other approaches could be devised based on other

schemes. Each approach must be evaluated towards any specific application
in order to determine the optimum system. A further discussion of sequencing
approaches is given in section 4.2.




3.3

3.4

SASPM System Concepts

System concepts were derived for each of the three missions. The
LEO mission concept is shown in Figure 3.3-1. Since power must be
supplied to both the spacecraft and the ion propulsion system simul- 3
taneously, reconfiguration of the solar array is not desirable. Each

of the power busses has its own feedback control syster.. The spacecraft
bus feedback control measures bus voltage and battery current and controls
the solar array switching unit accordingly through the SASU cuntrol logic. 1
A microprocessor controller measures battery state-of-health and provides
battery charge control by varying the references of the voltage and current
error amplifiers. The ion propulsion bus feedback loop measures the bus
voltage and controls its SASU through control logic. Inputs from the ion
propulsion system can modify the bus voltage and provide for arc protection.

The GEO mission concept is shown in Figure 3.3-2. Solar array reconfiguration
is accommodated by a six pole-double throw switch. Four parallel solar
array segments are reconfigured into four series segments in this arrange-
ment. The SASU control logic must also be reconfigured to transfer control
to the desired power bus and to accommodate the new switching arrangement.
The battery and bus control methods are the same as described in the LEO
mission except that the battery chaime control algorithms are tailored

for GEO. Reconfiguration and ion propuision system modifications are
accommodated through spacecraft level commands.

The switching concept for the IPOTV mission is shown in Figure 3.3-3. Since

the major portion of the power is for the ion propulsion system, only a small
portion of the solar array is tapped for the spacecraft. A reconfiguration
concept is shown that allows for a 33% increase in the ion propulsion bus
voltage to account for degradation. Initially four aqual solar array segments
are utilized with the fourth segment divided into three equal subsegments.

The subsegments are Switched in series with the remaining segments to

attain the voltage increase. The monitoring and control methods are much

the same as for the LEO mission.

Array Switchgear Location Options

There are four candidate locations for mounting the solar array switchgear.

Inboard of Rotating Joint

In this configuration each array section is hardwired through individual
currant transfer (slip) rings or a wrap-up device. The ON-OFF command



INAL PAGE '8
g:'epoog QUALITY

1d2INOJ ONIHILIMS AVYdY ¥v10S 031 L-€°€ J¥NIIA

(M1 625}
AVHYY
uvlos

HOLINOW ¥31T0HLNOD
Ay3ilLiva 130 d | SJNV HOYY3
Y]
® ®
21901
Up T08LNOD
nSvs
J A——— Y
N
(=)
oz_zu,hp._um
)| [
savol AVHYY
8vi0S
Nraii o
NOI W3LSA
WOU 4 SLNJNI
Ua

21907

T0H1NOD

nsvs

dNV nsvs
W31SAS HOouu3
NOIST04d0Ud *
NOI

(M £2)
AVHYY
HV10S




l}ﬁlj1n’

AGE iS5

ORIGINAL P
OF POOR Q

NCILVINIIINCO3Y AWVMYY ¥VI0S 035 2°¢‘c FJUNIIA

[ idd
¢=¢¢w

i - AVI3U NOLLVUNDIINCIN

b n

, 31901 -
oo —/————>
¥310MLN0D nvs
FL U » a
JV' > "
SIILNS
SQUVIIN0) WISAS
NOISINIOUd
%01 0NV
HOLLVENSII0IIN
o— o—— c—
ANIN93IS ANINDIS 1NINS3S ANIND3S
AVEUY AVENY AVUAY AVNEY
oS oS WS ¥wos
YOLINOW | ANIn33s
Savol INU | auasive nﬁﬁ " ) " . .. A . .
nsvs asvs nsvs nsvs
4 m | ° ° 1
& —¢
SNE 14VN23IVaS
=308 NOISINS0U4 NOI




EIS

-

%

ORIGINAL PAS

1da5u0) BuiydILMg Aeddy 4e[0S ALOdI €-€°€ WML

1
INIWO3SANS
AVHSY
¥v10S

sna ‘
1aveIves o1 MSvs L w =

3 ININO3S ININO3S
Em«.m._m AVENY AVEEY
_ o V108 EV0S uv10S
m zﬁ ..... ) ? N|----- ' N |- t
.HAu 1
INIWO3SBNS |
o _ AVHYY nsvs nsvs nsvs
mu“ yvios
(o]
S ey
[V
(@]
IN3NO3SENS
AVHUY
¥V10S
° ﬂ&\l
sne
KOISINOUS o- ! F




3.4.2

3.4.3

3.4.4

data link does not have to cross the rotary joint, The electronics and

switches may be more easily be packaged to provide thermal control and
protection from the radiation environment., The disadvantage is prolifer-
ation of power transfer rings and/or associated wiring, A power ring
would be required for each array section,

On Array Panel Stowage Box

Mount the switchgear and controls in or on the array panel stowage box.

This location provides some radiation shielding, and a base for passive
thermal control. The temperature swings of the solar array in geosynchronous
orbit range from - 180°C to 60°C, so it is possible that a small heater will
be required during eclipses. This lecation also allows paralleling the

power strings on the array side of the rotary joint, thereby permitting

the use of fewer and larger slip rings. This approach would facilitate
on-orbit replacement of the array and switchgear. The array could be folded
in the stowage box and the entire wing plus electronics could be replaced.

An alternate location between the stowace & : and the rotary joint has
similar characteristics, and the switchgear could be replaced on orbit
separately from the array.

In order to avoid having a large number of control wires cross the rotary
joint, a data bus and a remote integration unit (command decoding and
telemetry encoding) might be mounted on the solar array. The coupling
device across the rotating joint might be an optical device.

Edge of Cell Blankets

Mount the switches aleng the edge of the solar array on the blanket franes.
This approach has the same transfer ring advantage as candidate number 2,
and a similar wiring advantage. The switchgear will have to be mounted

on a fold out structure, a data bus along the array would minimize the
number of control wires, but the switch electronics will be exposed to

tho radiation environment, If heaters are required they would be distrib-
uted along the array.

On Solar Array Blanket

Mount switchgear on the solar array blanket. This is not considered

feasible for the lightweight planar arrays because the blanket is very
lightweight and flexible, Thermal dissipation might be a problem. The
concentrator arrays, if chosen may have room to mount the switches on the array,



3.5

3.5.1

between the solar cells and below the optics. This approach would
require either a data bus throughout the array, or a large number
of command lines. The switch electronics would receive some radiation +
protection from the array structure and optics, however, if thermal
cycling is a problem, it would be difficult to provide heating for the
switch electronics.

Candidate Concepts Analysis and Selection

Candidate concepts were identified in Section 3.1. A further requirement
of Task II is to evaluate the capability to accommodate the following mission
related situations:

Differing Load Requirements Of New Users

Within the capability of the power sources, the axpansion or reconfig-
uration of the payloads is readily achievable. The flexibility of
expanding or restructuring payloads is actually inherent in the multi-
channel approach of the power system, The system utilizes multiple high
voltage batteries and distribution buses to deliver power to a variety
of loads.

The block diagram of a power distribution concept is shown in Ficure 3.5-1.
It can be seen in the block diagram that each power bus operates inde-
pendently of the others to avoid battery paralleling. Load buses in

each of the external load center modules are formed by tying into two

or more of the power buses via circuit controllers to provide power

source redundancy and a means of load balancing on the channels.

The simultaneous connection of a load bus to more than one power bus is
avoided by the "exclusive or" function of the circuit ccntrollers.

The possibility of a single load bus tying two or move batteries together
is prevented by the operation of the circuit controllers.

Deadfacing on each power bus is provided. This enables the users to

replace existing load centers or add on new ones. The configuration

of a new load center must be selected on the basis of the load power
requirements. If one channel cannot provide the required load, power
processors (not shown) will be utilized to tap power from several buses. This
technique assures user isolation and prevents paralleling chanrels,

Individual Toad buses in the load centers are formed in the same manner

as before to provide power bus redundancy and capability of balancing
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Load Changes Due to Changing Mission Phases

This includes situations such as shifting from primary electric propulsion
loads to "on-station" loads and back to ion propulsion for return or re-
location of station keeping.

For the GEO mission, it is necessary to reconfigure the solar array
for either the primary ion propulsion or the "on station" payload
which is accomplished by SASPM.

The block diagram of the GEO mission concept is shown in Figure 3.3-2.
Solar array reconfiguration is accommodated by a six-pole,double-throw
switch. Frur parallel solar array sections(normally utilized for the
on-station payloads)are reconfigured into four series connected sections

for the ion propulsion loads. The reconfiguration and the ion propulsion
modifications are accomplished through spacecraft level commands. In the
ion propulsion operating mode during orbital transfer from LEO to GEO,

the solar array is configured to supply a high voltage and, at the same
time, the low voltage housekeeping loads for the spacecraft. After transfer
to GEO, the major part of the array will be reconfigured to supply payloads
at 26U volts. A small section of the solar array will remain connected to
the ion propulsion bus to supply high voltage for stationkeeping thrusters
which will be operated oniy during sunlight periods. The SASU control logic
must also be reconfigured to transfer control to the desired power bus and
to accommodate the new switching arrangement,

The configuration change of the system is not autonomous, as mentioned
before; it is accomplished by spacecraft level commands. To modify the
system for the ion propulsion loads. first the pavloads (with the exception
of necessary loads) are sequentially turned off. Then, the individual
solar array sections in each channel are converted from a parallel to a
series connected arrangement by the ground command operated transfer
switches. The control logic of each SASU is also reconfigured to operate

in conjunction with the modified system arrangement., To establish a normal
GEO operation for the spacecraft, the above process is carried out in reverse.
Once the desired system configuration is obtained, the load balancing on the
channels and the power bus regulation is au nomously achieved.




3.5.3 Failure of Components

The electrical power system for all three missions will be designed to
meet the stated requirement of the reliability criteria that no single
failure or credible combination of failures will prevent the system from
operating in an acceptable degraded mode of operation. The system design
will employ both component and unit level redundancies in all power and
control logic circuits.

Thepotential failure modes of the system are discussed below. The dis-
cussion is limited in scope to an overview of the circuit redundancy types
to be employed.

The failure modes of the solar array switches in the SASU are either open

or short. Dependent upor the sequencing configuration, switch redundancy
against an open or short failure may be required. For the series sequenced
or the linear/sequenced approach where shift registers are utilized, pro-
tection against an open failure is suppiied either by parallel redundant
switches or by the inclusion of an extra array segment. Redundancy to
protect against shorted switches in the above configurations is not required
because each power bus is loaded with at least a minimum load which can be
supplied by several array segments. The other sequencing approaches which
are implemented by binary counters or demultiplexers will need quad redundancy
for protecting the switches against open or short failures. In a combin-
ational arrangement such as the binary count/sequenced configuration, only
the binary counter operated switches will require quad redundancy.

The control logic, the microprocessor (uP) controllers and the associated
sensor will require redundancy. There are three types or redundancy config-
urations to be considered and evaluated: the quad, the majority voting

and the standby arrangements. Between the three approaches the reliability,
the complexity, and the circuit parts count must be traded off to gain a
fair comparison. The quad and majority voting arrangements yield a higher
figure for probability of success tha . the standby one at the cost of

nigher parts count. The disadvantage of requiring a higher number of circuit
components, however, can be minimized by the packaging concept of incor-
porating the majority of the discrete parts into hybrid units. The standby
redundant configuration is less complex but it requires additional circuitry
for failure detection, and an autonomous transfer of operation to the
standby channel.




3.5.4

3.5.5

The individual transfer switches used to reconfigure the system in GEO
or IPOTV missions will need protection against short and open failures
in the. form of a quad redundancy.

Deactivation of a Section For Maintainance (at LEO).

The system is designed to accomplish easy maintainance in low earth
orbit by replacing failed or degraded modules and components.

The state-of-health and the performance for the power subsystem is
continuously monitored by the PMS which includes capabilities for
fault diagnosis that will identify trends as well as out-of-limit
conditions. The PMS design will utilize computer controlled power
management techniques to shut down and isolate failed equipment, to
shift loads between power buses, to predict incipient failures and
remaining life for the degraded elements, and to forecast the required
schedule for repairs and replacements.

Before the maintainance work at low earth orbit can be started, for

safety it is necessary to deactivate the power bus channel that supplies
power to the failed or degraded equipment the maintainance crew is

scheduled to replace. The deactivation of the power section is accomplished
by spacecraft level commands which first shut down or transfer all the loads
that are connected to the affected power bus, then disconnects the assoc-
jated battery from the line, and finally opens all the switches in the SASU
to remove solar array power. The crewmen can then proceed to carry out the
maintainance operation.

Hybrid of SASPM plus Conventional Processing

The hybrid approach to SASPM is comprised of a small linear shunt reg-
ulator operating in conjunction with sequentially switched solar array
segments to maintain bus voltage regulation. The linear regulator
provides the fine control up to the power level in a given array segment.

One of the advantages of this approach is that fine control of the bus
voltage can be provided with a relatively lower switching frequency for
the sequentially operated solar array segments. To achieve a fast
transient response, the linear shunt can be designed to handle larger
transient currents for a short duration of time. The other advantage
of the linear shunt is that the designer has a greater flexibility when
considering the sizing of the solar array segments.

The hybrid approach increases cos% and complexity.
3-22




3.6

3.6.1

e R o

Baseline Conventional Power Processing

Four basic conventional power processing concepts have been identified:

Transformer Coupled Converter (TCC) system
Buck Regulator/Charger system

Boost Regulator/Charger

Shunt Regulator/Charger

2 wn -

Block diagrams of these systems, along with a 1ist of comparative
advantages, disadvantages, are shown in figures 3.5-1 through 3.0-4,
Dotted lines indicate areas of comparison with SASPM.

Ion Propulsion Conventional Power Processing Baseline

An argon thruster was selected. The argon thruster requires eight
less power supplies than the mercury ion bombardment type thruster.
Power processors are required for the following functions:

Screen

Accelerator
Discharge
Neutralizer keeper

The discharge supply will power the cathode heater and start a cathode

heater discharge. This supply is then switched to the anode via a relay
for the main discharge (Reference 3-3).

3.6.1.1 Thruster Requirements:

o Thruster range (T), 0.25 to 0.5 Newton for LEQ and GEQ platforms.
0.5 to 1.0 Newton for the Orbit Transfor Vehicle.

e Specific impulse (Isp) 5600 secends
@ Propellant type, Argon (M) = 39.9
o Thr . .er size, 50 centimeters

e Propellant utilization (Nu) = 0.9

e Ion generation loss, 250 ev/ion

¢ Thrust loss factor = 0.95

e 1985 to 1990 technology

3-23
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Estimated power requirements for the thruster are given in Table 3-3.
(Data was derived from Reference 2-24)

Function 1/2 Newton 1 Newton Regulation Ripple
Screen
Voltage, VDC 860 nominal 860 noninal 10% 1%
Current, ADC 20 40 - -
Discharge
Voltage, VDc 30 30 1% 2%
Current, ADC 160 335 - -
Accelerator
Voltage, VDC 800 1400 10% 5%
Current, AAC 0.2 0.4 - -

Neutralizer Keeper
Voltage, VDC 15VDC @ 5A to 15% 2%

Currert. AAc 120VDc @ 0A - -

Table 3-3 Argon Thruster Power Requirements

Estimates of the mass and losses of these supplies and for a main system con-
troller are given below. The mass estimates include structure weight.

3.6.1.1.1 Screen/Accelerator )
Mg - 9.3 Py 72+ 0.6 Py *% 4 2,06 vy + 2.2

%]

Mass of power processor, Kg
Beam power, KW
= Screen/Accelerator losses, KW

3.0.1.1.2 Discharge
.75 .5

MD'¥ 1.1 PD + PD + 0.06 PD + 1.4

Plo ¥ 1 Py

2

D
0 Discharge power, KW

1
9

Where M. = Mass of power processor, Kg
P

PLD= Discharge supply losses, KW

b cmcii s e i
At e, i




3.6.1.1.3 Neutralizer Keeper

~
MK = .7

Pk~ % P

Where MK = Mass power processor, Kg
PLK = Neutralizer ke2per supply losses, KW
PK = Neutralizer keeper power, KW
3.6.1.1.4 Thruster System Controller
Mc =4

PLC = 0.15

Where MC Mass of power processor

PLC Controller supply losses

The icn propulsion power processing described in this section will be used
as the basis for comparison to SASPM techniques.
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3.6.¢

Shuttle Launch Costs

The Shuttle launcih costs were given in Reference 3-1. Launch costs will
be one of the factors in the Task IV comparison between conventional
power processing and SASPM.

NASA's Shuttle launch cost reimbursement policy (Reference 3-2) defines
weight* dependent and length dependent user charges, respectively, as
1.333 x Spacecraft total weight

c x (Dedicated launch cost)

W Total weight capacity
_ Spacecraft total length .
C, = 1.333 X $5¢aT Tength capacity (Dedicated launch cost)

where dedicated launch cost is given as $30.2 million (1981 dollars).
The user will be charged the larger of the two cost figures. The full
dedicated Taunch cost will be charged if either spacecraft weight or

length exceed 75 percent of full capacitys i.e., 22,110 kg or 13.72 m,

Figure 3.6-5illustrates this reimbursement policy in terms of cost
contours plotted in a mass vs. length diagram. The graph shows the
fixed cost plateau reached when mass or length exceed the 75-percent-of
capacity level. The dashed diagonal designates the break evéh points
of weight and length dependent charges. Using the dedicated Shuttle
launch cost, the weight and length dependent charges are

Cw

CL = $2.30 million per meter

$1.384 million per 1000 kg

The slope of the breakeven line is defined by

W =2.30 . 3

If launch charges were always weight-dependent and varied linearly, the
launch cost savings due to weight reduction would be defined simply by
the relation.

Acost = 1.384 million per 1000 kg

*Note, the verms weight and mass are used interchangeably in this context.

- Ao
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Actually, under certain conditions these savings will not always be fully
irealized under the NASA launch cost reimbursement policy; i.e., if space-
craft dimensions make the launch cost length-dependent. Figure 3.6-6

snhows bars of weight savings ( M) for several values of assumed spacecraft
length. In one case, the entire M is in the weight-critical region, in

the second case it straddles the cost breakeven 1ine and in the third case
it is entirely in the length critical region of the cost contour diagram.
Accordingly, the cost savings reflect either all or part of the weight savings;
or, in the third case, no cost savings are realized at all in spite of large
weight savings. Another effect of NASA's non-proportional cost allocation
is the partial loss of potential savings if the gross weight exceeds the

75 percent limit.

The above discussion is based on a literal interpretation of the official

NASA Shuttle launch cost reimbursement rules. However, in effect there will

be some cost savings achievable even beyond the cutoff defined by the 75-
percent-of capacity limit beyond which the user will be charged the full

cost of a dedicated Shuttle launch. The approximately 7000 kg of cargo
capacity beyond this limit constitute a valuable space capacity for smaller
additional cargo, which could be charged up to $3.69 million for transportation.
The extra capacity could thus partly defray the launch cost of the primary user,
and any weight savings achieved would translate into potential dollar savings

to both users. For this study, it is assumed that all the available weight
capacity and/or length is utilized.

The following weight and length dependent charges will be the basis for a
comparison of SASPM and conventional power processing:

Cy = $30.2 million (1981 dollars) _ 465 Dollars
65,000 Tb. Lb
C_ = $30.2 million (1981 dollars) = 503,333 Dollars

60 feet Foot
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3.7 Power Requirements Specifications

It was determined that if accurate comparisons to conventional power
management techniques are to be made, an electrical power subsystem require-
ments specification was necessary, so that both the SASPM and the conventional
subsystem would meet the same requirements; therefore, specifications have been
prepared for each of the three missions. These are presented in Appendix C.

In order to define and evaluate the SASPM concepts, it is necessary to
understand the load types to be accommodated and the solar array response to
these loads. This evaluation is presented in Section 4.0.
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4.0 TASK II1
CONCEPTS DEFINITION AND IMPACTS

"Provid> further defir.ition of the Task II concepts.
Further define and quantify the SASPM concepts."




4,1

4.1.

1

Impact of Various System Characteristics on Solar Array Switching

The following list of parameters and the impact on solar array switching
were evaluated.

a) Voltage levels.

b) Reconfiguration (as described in Task II).

c) Isolation of user loads.

d) Voltage regulation improvement (if required).
e) Electrical transient performance/short circuit capability.
f) Fault protection (ability to correct for).

g) Control techniques.

h) FEclipse effects (ability to correct for).

i) Conductor/grounding arrangements.

j) EMI/filtering.

k) Modularity/commonality/growth.

1) Applicability to and impact on existing array.
m) Effect on energy storage and user loads.

n) Effect on array-spacecraft dynamics.

Stowage/deployment.

w O

)
)
) Impact of shuttle constraints.
)
)

q) Interactions witn space environment.
Each topic is discussed in the following paragraphs.

Voltage Levels

Solar array systems of more than 50kw occupy extensive areas, and current
must be transmitted over relatively long distances. The effect of the
longer line length is to induce large losses in the distribution system.
These losses are directly proportional to the square of the
transmission voltage, and inversely proportional to the size of conductor
employed.

For any given system, a cost model which weighs system voltage and con-
ductor cost can be generated, and then solved on the basis of minimum
cost. Such a model (Figure 4.1-1) was generated for a 250kw model,

and this model indicated that large savings accrue up to about 200 volts.

Above this point, the sensitivity to cost savinas with increasing voltage
are not nearly as great.
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4.1.2

As system voltage increases, the availability and cost of other system
equipment becomes a problem. For voltages up to 500 Vdc, there will
be little effect on switchgear technology in the 1990s. Above this
level, switchgear voltage may be a problem.

In addition, in the 200 to 500 volt range of solar array voltage, inter-
action of the array with the normal ambient space plasma begins to occur.
Leakage from the array to the plasme has the effect of shunting as much as
five percent of the solar array output in LEO

The effect of higher voltage is manifold. In the initial case, costs
are reduced by decreasing conductor size and therefore total system
cost is less. This is countered by development cost for high voltage
components, and increased solar array area (and possibly more expensive
array manufacturing techniques) because of thé interaction of the solar
array with the space plasma. Further discussion of this subject is
presented in Section 4.1.17.

Reconfiguration

Flexibility and modularity for expansion of the SASPM controlled system
is inherent in the multichannel approach being considered. Individual
1oad buses may be separated and isolated as desired. Within a given bus,

(LEO)

the users provide isolation via their own local converter, if necessary. The
solar array control switches are configurea so tnat tney can remove any desired

portion of the array in case of emergency, load failure or to deadfacc all
or portions of the system for wmaintenance or for load reconfiguration or
changeout.

Most missions tend to be multiphase, with a different system configuration
being optimum for each phase. The SASPM technique allows reconfiguration
to meet optimum .equirements, For instance, the GEQ wmission requires a
large amount of high voltage (» 800 Vdc) power for the solar electric
propulsion system in the initial phase of the mission while transitioning

from LEYO to GEQ. The system shown in Figure 4.1-2 aliows this confiquration.

Atter reaching GEQO. the bulk of the power is required to supply system
loads at 200 - 260 Vdc. With SASPM, this reconfiguration is comparatively
simple as the individual segments are switched from a series arrangement
for ion propulsion to a parallel configuration for payload support.
(Fiqure 4.1-2).
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4.1.3

4.1.4

The IPOTV system (Figure 4.1-3) has a slightly different problem to

solve. Although its primary function is to supply solar electric pro-
pulsion and not support payloads, the transition through the Van Allen

belt does degrade system voltage (and current). The required voltage

can be maintained by adaing subsegments to the string as required. This
reconfiguration for voltage compensation may be either automatic (PSM control)
or be ground controlled. Relatively few switches are required to achieve
these benefits. }

Isolation of User Loads

Isolation between loads can be achieved by two techniques. Array
sections can be dedicated to individual loads, or to groups of loads.

This is seen in the GEO vehicle where the solar electric propulsion
system is connected to a dedicated bus.

The power busses can be isolated from user loads via converters, either
in groups or individually. To maximize flexibility with the variations
in payload complement visualized, it is recommended that each payload
provide its own isolation, if required (and requiremcats for peculiar
voltage) and fine control by providing its own converter, rather than
using central conversion.

Voitage Regulation Requirement

The basic SA3PM concept employs batteries as a primary regulating element.
During both charge and discharge the battery clamps the primary bus voltage
to the battery voltage. It tends to be an infinite current source and

sink and therefore acts as a voltage regulator for both l1oad and solar
array power variations.

When the system is operated without a battery, regulation is limited

by the number of switched solar array segments, the SASPM switching

speed, and by the amount of energy stored in the system. Tight regulation
can be maintained for steady-state loads (within the 1imits of one solar
array segment step change) by addition of a linear shunt whose capability
covers only one segment change of solar array capability. Another technique
is to extend the amount of stored energy in the system by adding capacitors.
This technique is of value for small transient load changes (or for ¢ . 1lying
pulse loads).
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4.1.5

4.1.6

The recommended regulation method is to use batteries on the main
power bus for normal spacecraft housekeeping loads and unpredictably
variable payloads.

For other large loads, such as ion propulsion thrusters which are not
operated in eclipse, and where load changes are predictable, straight

SASPM techniques can be employed. This technique is particularly effactive
when minor voltage changes are not overly important, for a form of solar
array peak power point tracking can be attained by throttling the ion

thrusters. SASPM can easily meet voltage regulation requirements of ion
thrusters.

Electrical Transient Performance/Shcrt Circuit Capability

The normal SASPM system employs batteries to clamp the main bus and
therefore exhibits battery response voltage characteristics for transient
performance. The system voltage will not collapse to solar array short
circuit vcltage under effectively dead short conditions, but will be
clamped at battery discharge voltage, therefore supplying sufficient
current to clear shorts.

Although the SASPM switches are sized for Isc’ they will never see
this current in a SASPM system containing a battery.

In the case of a no battery system, system transient response is limited
by switching time, and short circuit voltage'will tend to collapse to
zero unless there is sufficient stored energy in the system. The three
mission power systems will contain batteries for eclipse operation of
the spacecraft housekeeping loads; this energy source will also supply
the SASPM system switch controls.

Ability to Protect Against Faults

The bulk of fault protection must occur on the load side of the main
power bus, as in any distribution system. Load circuit breakers, fuses,
and current Timiting circuitry must be coordinated to isolate faults at
the lowest possible level.

If the fault occurs upstream of the load protection devices, such as a

hard main bus short, the system response depends upon whether a battery
supplies the bus, as described in Section 4.1.5,

4-8




4.1.7

In the SASPM system bus with no stored energy, system voltage will
collapse toward zero, and array switches will be opened by a separate
control system. All solar array (and battery) switches will be designed
to open short circuit currents.

Control Techniques

The SASPM control techniques involve combinations of modularized
solar arrays and stored system energy, controlled by switches.

For the spacecraft bus on all missions the primary control parameter
is battery current. The full charge current, the medium or taper charge
current, and the trickle charge current determine the array section size.

A microprocessor provides the following analytical functions: |

Temperature compensated voltage limits
Ampere hour integration

Temperature compensated recharge fraction
Battery cell analysis

Emergency load shedding

Load bus assignments

“» M a O T o

Telemetry and status monitoring provide the following control parameters:

Switch status

Solar array voltage, current, and temperature
Battery, bus, and load currents

Bus voltage

a o o 9

For the ion propul.ion bus on the LEO platform and the orbit transfur
vehicle, the primary control is bus voltage. Because of GEQ reconfig-
uration to a battery clamped bus, current control will be used in this
application. (The battery clamped mode dominates the mission).

Bus voltage is programmable from the ion propulsion system, and the
thruster controls the beam current.

In addition to the natural arc suppression provided by solar array
response, the switches can be opened using spacecraft bus power to
isolate the array from the ion engine. The control parameters required
are under-voltage sensing, a time delay to avoid false triggering, and
an override feature for restart when the engines are off.



Telemetry and status monitoring provide the following control parameters:
a. Solar array maximum power point current and voltage projections
b. Switch status
c. Solar array current, voltage and temperature
d. Bus voltage
e. Ion engine currents

4.1.8 Ability to Correct for Eclipse Effects

In order to define and evaluate the SASPM concepts it is necessary to
understand the load types to be accommodated and the solar array
response tc these loads. There are four load types that the SASPM

system is required to accommodate.

1. Resistive loads

2. Constant current loads

3. Constant power loads

4. Battery loads (charging)
Each load type presents a different demand on the SASPM system. These
will be addressed separately, recognizing that the actual delivered
power will most likely be to a combination of several load types.

The solar array output varies with temperature, and the tenperature
variation for LEO is -80°C at eclipse exit to 80°C in suniight. The
variation in GEQO is more pronounced: -180°¢ at eclipse exit to 60°¢C
in sunlight.

4.1.8.1 Resistive Loads
Heaters are typical resistive loads. Figure 4.1-4 shows the impact
of array temperature on resistive loads in the absence of any regulation
scheme. Full system loads (load line A) are designed to operate at, or
near the maximum power point of the warm solar array, operating point (1).

At eclipse exit, the cold solar array characteristic causes a shift to
operating point (2), with a corresponding voltage change (AV]). If the
solar array is lightly loaded (load line B), the operating point will be
at point (4) at eclipse exit and will move to point (3) as the array
temperature stabilizes in sunlight. '



1. e s

ORIGINAL ¢l 3
OF POOR QUALITY

THERMALLY STAGILIZED ARRAY

/ COLD ARRAY

ARRAY CURRENT

ARRAY VOLTAGE

Figure 4.1-4 Impact of Array Temperature on Resistive Loads

In this case there is a wide voltage swing, sz. The above discussion
assumes there is no battery to supplement array power, or to absorb excess
array power. Figure 4.1-5 shows how a SASPM system could control the array
if the loads were pure resistive, even with a significant reduction in load
coinciding with eclipse exit. (Switching parallel array segments).

/ THERMALLY STABILIZED ARRaY

) / / COLD ARRAY
s 3

ARRAY CURRENT

ARRAY VOLTAGE

Fijure 4.1-5  SASPM Control, Resistive Loads.
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In this figure, the array is designed to operate at the maximum
power point under full load (load line A), and all SASPM array sections
are switched in. If, at eclipse exit the load drops significantly (load
line B), the operating point jumps momentarily to (2) with a corresponding
large voltage increase. The SASPM switches out array sections until the
system reaches equilibrium at (3) or (4). If the total load is restored

before the array heats up the system shifts momentarily to operating point

(5) untii the SASPM controls increase array output to A and operating point
(6) (all array sections on). As the array heats up operating point (1) is
restored. The voltage transient described above was limited to the difference
between a cold and warm array, which could be eliminated by allowing the array

to warm up before closing the array switches.

4.1.8.2 Constant Current Loads

This is characteristic of loads with input power regulat>d by a linear
dissipative regulator. The high voltage beam current on ion propulsion
engines is also a constant current load. The wide voltage variation from
a cold array at eclipse exit to a thermally stabilized array in sunlight
cannot be controlied by switching parallel array sections in or out as it
was for resistive loads, See Figure 4.1-6.

If voltage regulation is required during the period between eclipse
exit and thermal stabilization (= 5 minutes), a switching arrangement
using series array segments instead of parallel array segments should be

used, (assuming no load fluctuations).

ORIGINAL PAGE i§
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» THERMALLY STABILIZED ARRAY

/ . /I COLD ARRAY

ARRAY CURRENT

[4) —

ARRAY VOL TAGE

Figure 4.1-6 Impact of Array Temperature on Constant
Current Loads

1.1.8.3 Constant Power Loads

Constant power demand is characteristic of loads utilizing a regulated
power processor. In Figure 4.1-7, the load line and operating point are
shown for a thermally stabilized array, and an array at eclipse exit.

THEAMALLY STABILIZED ARRAY
/ COLD ARRAY
A

¢

ARRAY CURRENT

ARRAY VOLTAGE

Figure 4.1-7 Impact of Array Temperature on Constant
Power Loads
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Points B and D are stable operating points and A and C are unstable. For
an uncontrolled array, the voltage swing is large (factor greater than 2)
between a cold and warm array. Array switching of series voltage sections
could control this wide fluctuation, with the degree of control dependent

upon array section size.

Figure 4.1-8 characterizes the SASPM technique to control voltage and

current to constant power loads. (Thermally stabilized array).

r——————————

ARRAY CURRENT

ARRAY VOLTAGE

Figure 4.1-8 SASPM Control - Constant Power Loads
As array sections are switched in and out, the voltage varies much
like in the constant current case. If a step load above the active array
segments occurs (to P4 in Figure 4.1-8) the array voltage will collapse
toward zero. Step load reductions are easily acconmodated as they were

in the constant current case.
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To avoid collapsing the array voltage, load increases must be
predetermined and the appropriate number of array secticns brought on
line in advance, This would not be necessary if energy storage or a dis-
sipative shunt were employed,

4.1.8.4 Battery Loads

If a battery were paralleled with the solar array, the response char-
acteristic would appear as in Figure 4,1-9, Charging the battery would be
accomplished by controlling the current by switching array segments in or
out, depending on the state of charge and desired charge rate.

ige 1S CONTROLLED WITH SOLAR ARRAY SWITCHING
PZ—— L X X ¢ ¥ Y _ W 9 .

s e e G CE GuEe ST S GHED Gl ST ‘_‘ _____

ARRAY CUARENT
£
|
]
1]

ARRAY VOLTAGE

Figure A,i-9 SASPM Control - Battery on Line

4.1.8.5 vigital Bus Control in the Absence of Energy Storage

Using a SASPM voltage control loop and parallel array segments, the

control system will find two levels of solar array output having operating
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points (1) and (2) (Fig. 4.1-10) such that Vi <Vegg < Va- Since the

array is incrementally switched, no operating point can exist between V]

and VZ‘
ARRAY VOLTARE
Figure 4.1-10 SASPM Voltage Control
If (v] - Vz) < 24V, where AV is 1/2 the total voltage regulation

tolerance, the bus will stabilize at V] or V2, and will remain until a
change occurs in solar array output or load.

If (V] - V2) >2aV, then the system will 1imit cycle between points (1)
and (2) causing a ripple current of magnitude (I] - 12) to flow in the main bus.
This can be removed from the bus by a filter. A second filter may be required
in each switched string to prevent the solar array string from radiating at
the switching frequency.

(V] - VZ) is a property of the source-load characteristics. Limit-

cycling may be avoided:

1) By widening the regulation tolerance band, +aV.

2) By decreasing the switching increment size.

3) By over designing the solar array. This pushes the operating
point toward the more steeply sloped part of the array curve,
decreasing (V] - V2).

The above relationships apply to resistive and to mixed loads as well

as to constant power loads,
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By adding a linear shunt it is possible to increase the frequency
response at low impedance beyond that of which the digitally-switched system

is capable.

Initiat Lesd A

Inttte)
Gne Arvey hant
Incromnt Curvent
1 e X X X X X 1 X 1 J -
¥ ] !
j Currant
p onge
B e — ”‘
Curront - -
- t
| Phase ) l(unw(
; Finel Loag 8 tonge_

@ = - - - — =
3

ARRAY VOLTAGE

Figure 4.1-11 Response of a limited - capacity shunt/switched
solar array system to a large load decrease

In Figure 4.1-11, a sudden load change from Level A to Level B will

result in the following sequence of events:

1. The shunt immediately saturates, and the operating point moves
from (0) to (1).

2. The digital control turns off solar array sections until the
shunt regains control, at which point the operating point moves
to (2). During this period, voltage is out of regulation. The
worst-case is that of a load disconnect immediately after eclipse
exit, when the voltage can double for the period required for
the array switch gear to catch up.

3. Switch disconnect continues to occur until the shunt operates
near its midpoint, and the load operating point moves to (3).

By using the same analytical method, it is possible to demonstrate

that a step increase beyond one half the linear range of the shunt will
result in collapse toward zero of the bus voltage for the period required

for the digital control to restore operating balance.
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furing transient periods, the battery takes up all current surges

in efither direction while the digital control is acquiring final balance,
Figure 4.1-12 shows the response of a battery-clamped system to
large load changes.
The system is shown operating with load line A, array characteristic C.
The operating point is (1), with a small battery charge current, I;. An
instantaneous change to load line B causes an imnediate shift to operating
point 2, and a large transient charge current, 12. The control system
senses the large current and decreases the solar array output in steps
until array characteristic D and operating point (3) are reached. When
the load is increased to curve A, the system cycles through operating

point (4) and back to operating point (1).
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Crarge Current |

Transtent Bottery /

Dtschorge Current 1, 3

ARRAY CLONENT
-]
/
L .

ARRAY VOL Y08

Figure 4.1-12 Battery Clamped System -
Large Load Changes

4.1.9 Conductor;Grounding Arrangements

There are no effects in this area of concern which are peculiar to solar
array switching techniques. The general problem of spacecraft electrostatic

charging and space plasma leakage is discussed in detail in Section 4.1.17,
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“.1.10 EMI/Filtering

The SASPM equipment for all three missions should be designed to meet the
requirements outlined in MIL-STD-1541 and MIL-STD-461. Special attention
must be paid to the control of conducted and radiated interference generated

by the high voltage and power switching circuits. (Except for the high voltage,
the problem is no worse than on many existing spacecraft designs.

The solar array switches configured with either bipolar or MOSFET power
transistors will require rise and fall time control circuitry to slow down
switching action. While the rise and fall time control for the bipolar tran-
sistors is more involved, the contral is relatively simnle for the MOSFET
devices because they inherently exhibit high input impedance and intrinsic
gate-to-source and drain-to-source capacitances. The use of the MOSFET power
devices provides another advantage over bipolar techrnology in the implementation
of the rise and fall time control of the switches.

The switch gear and relays which are uced to accomplish configuration changes
such as modification of the system for the ion propulsion loads will require arc
suppression networks across the contacts, nct only for reducing the possibility
of accelerated wear-out and potential welding of contacts, but also for atten-
uating the high frequency noise spectrum generated by the contact arcing.

The transient response on the spacecraft bus is controlled by the battery
characteristics, however, the ion propulsion bus may need a capacitor bank to
increase transient response and to reduce the narrow and broadband ripple voltage
generated by the system.

For control and logic lines, the use of fiber optics will insure high

immunity to EMI.




4.1.11 Modularity/Commonality/Groath

4.1.12

The present solar array concepts for larger power systems (25kw range)
and tnose projected for larger systems are electrically segmented and therefore
lend themselves to modularity concepts. Both fine switching resolution and a
highly flexible modularity concept can be implemented, with the solar cell strings
capable of being grouped and switched in any desired configuration,

As the desire for system growth to satisfy additional load requirements
becomes apparent, additional power channels can be added to satisfy these require-

ments. Open ended algorithms will be programmed in the control system in order

to enhance the ability to reprogram for load growth and diversification., This
technique will allow for flexible growth at the power system/payload interface
so that payload mixes may be diversified as desired.

Impact on Existing Arrays

There are no existing arrays of a size and construction such that they could be
considered for power systems of the size exanined in this study. The next gen- ’
eration of solar arrays (the PEP array of JSC, and the SP array being developed ?
by TRW and Lockheed under MSFCs common solar array program) are segmented both
electrically as described in Section 4.1.11 and mechanically sc as to allow for

ease of growth. The wiring of these sola~ arrays is designed to terminate both

plus and minus leads for each cell string at the solar cell blanket container.

This construction lends itself well to segment switching eithei on the array, or
inboard of the power transfer device, with a minimum amount of solar array redesign.

As previously discussed, the natural segmentation of the solar array lends itself

idez1ly to control by SASPM,
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4.1.13

Effect on Energy Storage and User Loads

4.1.14

4.1.15

1.1.16

The use of SASPM offers a minimal impact on battery chzrjing. If anything,
SASPM offers a more benign battery charge regimen than many other techniques,
with both battery full charge and taper charge algorithms being easily modified,
either in flight or prior to flight, to meet any desired pattern.

System loads attached divectly to the main power bus will see an input
voltage swing which is determined on the high side by the battery full charge
voltage, and on the low side by the battery discharge voltage. For other than
battery determined voltages, the loads must supply their own conditionina.

Effect on Array-Spacecraft Dynamics

There is no impact on spacecraft dynamics peculiar to SASP!: other than that
there might be some minor reduction of solar arrvay aerodynami¢ draa because of
the smaller solar array required using the SASPM control technin e,

Impact on Shuttle Constraints

Structurally, there is no impect on the shuttle peculiar to SASPM, Electrically,
the basic SASPM system does not match up well with the orbiter in the sortie mode.
The orbiter voltage is regu'ated in the 24 *, 32 volt range. If there is a desire
to operate SASPM in parallel wiich the orbiter fuel cells, the SASPM power will
have to add a series regulator in order to match system voltages anc dynamic prop-
erties. In the area of safety, SASPM allows the array to be open circuited during
launch.

Stowage/Deployment

As previcusly discussed, the SASPM control switching might be mounted in the
solar cell blanket stowage container, or a container located close to the array
stowaue box. Location of the switches so 43 to maintain proper shieiding, EMI, and
dvnamic environments must be considered. This problem is of no greater magnitude
than most control systems will have when they mate with large solar arrays. The
arrav switches will be open during solar array deployment; this provides isolation

while the array is partially illuminatec.
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4.1.17

4.1.17.1

ORIGINAL PAGE 9
OF POOR QuALITY

Interaction with Space Environment

This section examines the status of our knowledge of how large, high
powered solar arrays interact with the space ambient plasma, both that gen-
erated by ion engines, and that existing in the natural environment. Of prime
concern is the l1oss of solar array power through plasma leakage and the means
whereby this loss may be mitigated. Additional effects of the spacecraft/
plasma interaction (i.e., the degradation optical of surface properties by contaminant
deposition, and the generation of electromagnetic interference (EMI) in the

spacecraft potential eauilibration process) are of major concern but are not

addressed in this stuay, but is being addressea on a continuing basis by LeRC. Table
4-1 summarizes the conclusions of this brief survey.

Configurations and Orbits

The spacecraft configuration for LEO is shown in Figure 4.1-13. Two arrays,
about 300' x 85' with a power conditioning module and an experiment module,
each about 60' long attached are chown. Since the self-generated plasma due
to the ion engines decr~ts rapidly with distance, the ion engines have been
assumed to be located at the far end of the experiment modules. If this is
not possible, the ion engines should be mounted at the farthest end of the
power conditioning module away from the solar array. The ion engines being
considered are to use argon as the propellant rather than mercury. Most prior
ion engine work such as for the SEPS missions considered the use of mercury.

A1l three mission configurations are considered herein.

}4_- 300" —=f

—
Solar Array Solar Array A 85"
!
K} Note: Power conditioning module
~60' contains a habitable
| _¢ environment for manual
T operations, and other
~60' monitoring ard control
A functions.

\_.. Ion Engines

Figure 4.1-13 LEOD Spacecraft Configuration
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4.1.17.20verview of the Plasma Power Loss Problem

The loss of power from solar arrays by plasma leakage arises from the
collection of the highly mobile plasma electrons by the more positive exposed
portions of the array such as the intercunnects and exposed sides of the solar
cells. The return electrical current path is provided by the collection of the
less mobile ambient plasma ions, again by exposed interconnects, but even more
so by any exposed metal which is connected to structure. This assumes that the
negative end of the array is grounded to structure.

Because of the greater efficiency with which plasma electrons are collected,
the total spacecraft system generally equilibrates with the most positive
portion, (2105) of the solar array at positive potentials relative to the
undisturbed plasma, and the remainder (90%), negative.

It is at the higher array voltages (~200 volts) that power losses begin
to become significant - in a non-linear fashion. Many physical processes are
involved, not all of them clearly understood:

¢ Pinhole effects at positive potentials.

- Secondary emission
e Sheath processes

- Non-linear expansion with potentials.
® Magnetic field constraints on particle trajectories.
o High electric fieid emission of electrons.

e Ultraviolet radiation effects - photoemission.
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4.1.17.3

e Ram and wake effects due to spacecraft velocity.
® Arc and corona breakdown (avalanche) effects.
- Plasma generation

The local plasma density, which may be as high as 106

particles per cc in
the 400 km altitude range applicable to LEQ, affects many of the physical pro-
cesses which must be taken into account. At GEO altitudes, the density is in
the order of 1 to 10 particles per cc, and ram and wake effects, for example,
are not significant. Plasma power loss is not expected to be a serious problem
at GEO altitudes until supply voltages exceed many kilovolts.

For the spacecraft configurations under consideration, the ion engines are
expected to create a plasma environment in addition to the natural environment.
The fast ions coming out of the engine collide with slow neutrons producing the
low energy ions of the charge exchange plasma. The only measurements available
on this charge exchange plasma are those by Komatsu and Sellen at TRW (Ref. 4-6).
These were made on a SEPS type mercury thruster, and only at relatively short

distances from the thruster.

Plasma Power Loss in the 400 km Altitude Natural Environment

Predictions of plasma power loss in the 400 kn altitude natural environment
have been made by Purvis, Stevens and Berkopec (Ref. 4-1) for a 500 KW array

assuming a 2 x 105

particle per cc plasma density (Fiaure 4.1-14), Presented

here is Figure 6 and 7 reproduced from their report, and summarizes their results.
Figure 6 depicts the voltage distribution assumed, the plasma sheath configuration
and the ram geometry around the orbit. Also shown is the plasma leakage currents

for ram and isotropic conditions as functions of the array operating voltage. For
the 500 KW array power, a leakage current of one ampere at 1000 volts represents

0.2% of the total power. Note that the maximum ram condition, which occurs at

dawn and dusk on each orbit, results in about an order of magnitude greater power loss.
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Figure 4.1-14 Plasma Interaction Figures from Purvis, et al (4-1)
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Fig. 4.1-15 compares the percentage power loss obtained by Purvis, et. al
with experimental data obtained by McCoy and Konradi (Ref. 4-2) in a 90' x 75'
chamber using a 1m x 10m conduciive plastic panel. If McCoy's density figure
of 106 particles per cc is assumed to be correct, his data is not inconsistent
with the Purvis prediction. Since the data on Fig. 4.1-15 is for the isotropic
case, the ram case would give a power 10ss percentage of about 5% of a 1000 volt
array operating voltage. Also shown on Fig. 4.1-15 is a TRW computation,

attempting to reproduce Purvis' results, which gives a somewhat lower power loss.

The Purvis computations take into account the pin-hole effect discussed
by Stevens, Berkopc and Purvis (Ref. 4-3) and Kaufman and Robinson (Ref 4-4)
which increases the effective electron current collection area. The arc or
corona-like breakdown effects reported for negative metal-positive dielectric
situations by Inouye and Sellen (Ref. 4-5) are not taken into account. Stevens,
et. al (Ref. 4-3) also report arcing at negative surface potentials, and McCoy,
in a private communication with G. Inouye, reports arcing at both positive and

negative potentials greater than 200 volts.

Summarizing this analysis, then, the following points can be made:
e Initial experimental and analytical daca indicates plasma power loss
to be less than 10% at 860 volts.

e Area (power) extrapolations need more investigation.

o A1l of the attendant physical processes need to be investigated more

thoroughly.

o Exact flight configurations need to be analyzed and tested.

4.1.17.4 Self-Generated Plasma Power Loss

As with the natural environment problem, the self-generated plasma power
1oss problem suffers from a shortage of experimental data and only preliminary
analysis - mainly having to do with mercury ion thrusters. Experimental data

are provided by Komatsu and Sellen (Ref. 4-6) and by Kaufman (Ref. 4-7).

Analytical models have been presented by Kaufman (Ref. 4-8) and Park and Katz (Ref.

4.27
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Figure 4.1-16 is reproduced from the report by Kaufman (Ref. 4-8), and shows
electron current densities as a function of distance along the SEPS array. Inte-
grating over the length of the array gives a total current of 0.74 amps assuming
a constant (average) array voltage, or a power loss of 148 watts for a 200 volt

operating voltage. The percentage power loss, assuming 25 KW total power, is 0.59%,

Kaufman's model assumes that all of the self-generated plasma electrons
incident on the solar arrays are collected and, therefore, the power loss current
is independent of array voltage. The power loss is, therefore, proportional to

the array voltage:

Percent Power Loss at 860 v = ggg = ,59% = 2.54%
at 240 v: %3% = .59% = 0.71%

Since these power loss calculations are based on the SEPS confiquration,
(dimensions, voltages, power) they should be redone for the configurations under
consideration here. The results do, however, give an indication of the power loss
magnitudes. Effects of argon ions rather than mercury ions should be included in
the new calculations. The effects of multiple surply voltages (and currents)
should also be studied and included in the analysis. For the present purposes,
their effect; were assumed to be independent. Because of the common structure
potential, it is obvious that the two supplies, 240 volts and 860 volts are not

independent.

The results of the computations presented by Park and Katz (Ref. 4-9) predict
that nearly 40% of the total ion thruster beam current is collected. Insulating
the low voltage (<500 volt) sections of the array reduces this loss to 4.7%, assuming
that the insulation is so effective that the pinhole effect is not operating. It

should be noted in this connection that McCoy (private communication with G, Inouye)
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has stated that he attempted to cover interconnects with kapton tape to reduce
power losses in a solar array test and found that it was completely ineffective.
Park and Katz' computations were based on a particular distribution of
solar.array voltages up to 2800 volts. As with the Kaufman analysis, the extrap-
otation to other voltages and dimensional configurations 1s not simple or even
ggssibie to perform here. Also, the data used were ipplicable to mercury ions
rather than argon fons.
Summarizing the status of self-generated plasma power loss, the following
points are made:
o Current predictions range from 0.6% to 40% plasma power loss.
o More experimental data is needed.
- Argon rather than mercury ions.
- Size and voltage scaling.
¢ All of the physical processes need to be investigated more thoroughly.
- Secondary emission, photoemission, high field emission, surface
potential effects, avalanche breakdown.
e Analytical plasma interaction models need to be developed further and
checked out experimentally.
e Exact flight configurations need to be analyzed and tested.
o Plasma power loss minimization techniques need to be developed.
- Electric and magnetic "shielding" techniques.

- Material development to minimize and withstand interaction processes.

® Keep ion engines as far away from the array as possible.
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4.2 Solar Array Switching (SAS) Sequencing Approaches

SAS sequencing approaches were described in Section 3.2.

The various approaches were comparatively evaluated for the LEO
mission utilizing either bipolar or MOSFET transistors for the switches.
The number of required solar array segments werecalculated as a function
of percentage resolution on the basis of the following equations:

1) Series sequenced approach: N = 1%9
where N = Number of segments, and R = % resolution
2) 2 bit binary count/sequenced: N= % . ng.+ ]
3) 4 bit binary count/sequenced: N= }gﬂ l%g +3
. 100
4) Binary count R =
PAR!
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The number of required solar array segments versus resolution plot
is shown in Figure 4,2-1. It can be seen that the series sequenced ap-
proach requives the highest and the binary count approach requires the
lowest number of segments for a given percentage resolution. The curves
of the combinational arrangements such as the 2 and 4 bit binary count/se-
quenced approaches fall between the above extremes.

The maximum segment current of each approach for the LEQ spacecraft
bus was also calculated from the equations:
1) Series Sequenced Approach

IM=191.5 Amps
where N = Number of Segments
2) 2 Bit Binary Count/Sequenced

Iy 1915 pops
3) 4 Bit Binary Count/Sequenced
IM= 191.5 Anps

4) Binary Count
IM = 191.5 = 95.8A

With the aid of the curves in Figure 4.2-1, the maximum segment current
for each approach was plotted (Figure 4.2-2) as a function of percentage
resolution for the LEQ spacecraft bus. It can be observed from the curves
that the binary count approach requires the highest (whereas the series
sequenced approach requires the lowest) segment current for a given per-
centage resolution. The curves of the 2 and 4 bit binary count/sequenced
arrangements fall between the plots of binary count and series sequenced
approaches.

Parametric studies were conducted to determine the number of power
stanes required utilizing either bipolar or MOSFET transistors for the
solar array switchas in each of the sequencing approaches. The results
were plotted and are shown in Figure 4.2-3 through Figure 4.2-7.

The number of bipolar stages (including subdrivers) is determined by
the segment current of the switches, the redundancy approach, the gain of
the transistors (forced beta of 10 was assumed for each) and the input
current from the majority voting logic circuitry (10mA).
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On the basis of this, if the segment current is between

10 mA and 100 mA: 1 stage
100 mA and 1A: 2 stages (one power and one driver stage)

1A and 10A: 3 stages (one power and two driver stages)
10A and 100A: 4 stages (one power and three driver stages)
are required.

The number of parallel MOSFET power transistors is determined by
the maximum MOSFET current. Since the MOSFET transistor is a voltage
controlled device, there is no change in subdriver configuration as a
function of segment current.

If the segment current is between

10 mA and 10A: 1 single

10 A and 20 A: 2 par:llel

|
| |
|
90 A and 100 A: 10 parallel

MOSFETS are required.

In Figure 4.2-3 through 4.2-5, the number of seaments, the seament
current. and the number of bipolar and {10SFET nower stages are plotted
as a function of percentage resolution.

The advantage of utilizing MOSFET transistors over the bipolar ones
is evident from the plots of the series sequenced or the binary count/
sequenced combinational arrangements to achieve reduction in the number
of power stages. However, in case of the binary count approach (Figure 4.2-G),
the usage of MOSFET power transistors does not yield an advantage over ti.e
bipolar ones above 3% resolution.

It should be noted that the abrupt increases shown on the curves
for the number of power stages are due to exceeding the maximum current
capahi'lity of either the bipolar transistor stages or the MOSFET devices.
A typical example can be seen in the series sequenced plot (Figure 4.2-3) at
the 5% resolution point where the segment current is over 10 A and the
number of segments are 20. Since between 10 A and 20 A it is required
to parallel 2 MOSFET transistors, the total number of the MOSFET power
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stages increases from 20 to 40. .imi'arly, between 10 A and 100 A, 4 bipolar
stages are required per segment and the total number of stages changes from
60 to 80.

Figure 4.2-7 combines the power stage curves generated in the previous
plots to gain a direct comparison.

The results of the parametric study for the linear sequenced approach
are tabulated in Tables 4-2 through Table 4-4 = The linear sequenced
arrangements in Table 4-2 anc 4-3 " are configured with 400 W and 200 W
bipolar linear power strings, respectively.

The linear sequenced arrancement in Table 4-4 v, on the other hand,
employs 100 W MOSFET linear pwwer strings.

Column 1 of the tables shows the number of prime and redundant linear
strings. In all case: it is assumed that one extra string is required
for redundancy to prute.: against an open failure.

Column 2 contains the number of linear stages. The numbers given in
the column include the count for the subdriver stages and the switches_in
which two devices are series connected to provide protection against a
short failure. To illustrate the count of linear stages for example, in
row 1 of Table 4-2 , it is shown that there are 1 prime and 1 redundant
linear strings with a current carrying capability of 2A each (column 3).
For both the prime and redundant strings, there are two devices series
connected, each of which requires 3 bipolar stages. Therefore, the total
number of linear stages is 12.

Column 4 contains the percentage resolution of the digital segments.
Under column 5, the codes for the type of digital segments are given.

Columns 6 and 7 contain the number of digital stages and total stages
(including the linear and digital ones), respectively.

The percent resolution for the digital segments was determined with the
aid of the previously developed plots of the sequencing approaches.

The comparison of the tables clearly indicates that the usage of MOSFET
devices in the linear sequenced approach provides a significant advantage
over the bipolar counterparts.
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4.2.1

- Redundancy Approaches

The failure modes of the solar switches in the SAS are either open
or short. Dependent upon the sequencing configuration, switch redundancy
against an open or short failure may be required. For the series

‘sequenced or the linear/sequenced approach where shift registers are

* utilized, protection against an open failure is needed either by par-

allel redundant switches or by the inclusion of an extra array segment.
Redundancy to protect against shorted switches in the above configurations
is not required because each power bus is loaded with at least a minimum
load which will be supplied by several array segments. The other se-
quencing approaches which are implemented by binary counters or demulti-
plexers will need quad redundancy(for the switches)against open or short
failures. In a combinational arrangement such as the binary count/
sequenced configuration, only the binary counter operated switches will
require quad redundancy.

The control logic, the P controllers and the associated sensor will
require redundancy. There are three types of redundancy configurations
to be considered and evaluated for poésible candidates: the quad, the
majority voting and the standby arrai.jements. Between the three approaches,
the reliability, the complexity and the circuit parts count must be traded
off to gain a fair comparison. The quad and majority voting arrangements
yield a higher figure for probability of success than the standby one at
the cost of higher parts count. The disadvantage of requiring a higher
number of circuit components, however, can be minimized by the packaging
concept of incorporating the majority of the discrete parts into hybrid
units. The standby redundant configuration is less complex but it requires
additional circuitry for failure detection and an autonomous transfer of
operation to the standby channel.
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§.2.2

Sequencing Approaches Conclusions

The SASPM complexity is dependent on the required redundancy
and the power handling capability of the switching devices.

The optimum sequencing method is unique for each application
and set of requirements.

The MOSFET technology is more cost effective than bipolar
for the LEO spacecraft bus.

Good regulation (=5%) does not sacrifice cost for the LEO
spacecraft bus application.
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5.0 TASK IV
COMPARISONS

TRW shall compare the definition and mission impacts obtained from Task III

with the use of conventional power processing techniques for each mission.

For each technique, TRW shall estimate the benefits or penalties (such as

cost, performance, characteristics, electric propulsion payload improvement,
electric propulsion trip time improvement, and flexibility) of SASPM over
conventional techniques. TRW shall identify any new capability resulting

from SASPM and examine its worth. The penalties of providing any improvement

in voltage regulation (if needed) shall be quantified in terms of characteristics

such as complexity, reliability, weight and cost, and shall be displayed on
curves,

TRW shall examine the desirability of certa’n user loads having their own
dedicated section of array isolated and separately managed from other user
loads and estimate any penalty for providing this feature.
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5.1 Study Costing Parameters

Shuttle transportation costs are derived assuming a dedicated launch
with fulllcapability utilized.

o Dedicated Launch - 30.2M%
e 29,484 Kg - $1024/Kg
® 65,000 Lb - $465/Lb

The costs for the solar arrays, and pumped fluid radiators was taken
from reference 5-1.

e Cassegranian Concentrator Solar Array

o Projected manufacturing cost - $30/watt
e Projected mass - 45w/kg
e Planar Solar Array
o Projected manufacturing cost - $46/watt
o Projected mass - 200w/kg
o Pumped fluid radiator
e Frojected manufacturing cost - $33/watt
o Projected mass ' - 12.4Kg/Kw
o Heat exchangers - $40,000 each
o Projected mass of heat x - 10 kg each
chargers
e Plumbing/engineering - $20,000/Heat exchanger
o Power Processors
o Estimated manufacturing cost - $300/Part

o Projected mass - based on projections from
existing designs.

5.2 Conventional Processing Mcdels

it has been determined that the fourth candidate of Section 3.6

(a linear shunt approach) is not viable for the high power systems

being considered, because of excessive thermal dissipation requirements.
This analysis will be limited to the other three candidates plus ion
propulsion processing.
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5.2.1 Ion Propulsion Cowventional Power Processing

Ion engine power processing requirement is assumed to be the same, regardless
of which power processing system is used for spacecraft power. Power
processing for the ion engine was discussed in Section 3.6.1.

The power requirements for an 0.5 newton engine are listed below:

Screen: (860V) 17,200 watts
Discharge: (30V) 4,800 watts
Accelerator: (800V) 160 watts
Neutralizer keeper:(15V) 75 watts

Because of the long transmission distances required (> 300 feet) it is
not cost effective to transmit power at low voltages such as 30 volts.
This power will be drawn from the spacecraft bus. The high voltage power
required by the screen will be drawn from a high voltage solar array.

The spacecraft bus will be required to supply the following power to
the ion engine:

Discharge power 4800 watts
Discharge processor losses = .11 (4800) 533 watts
Accelerator power 160 watts
Accelerator processor losses = .15 (160) 24 watts
Neutralizer keeper power , 75 watts
Neutralizer keeper losses = .4 (75) 30 watts

TOTAL = 5622 watts

5.2.1.1 Hi Array Requirement

Solar Arrav Requirement = TI_TT%ETTd)
P

PI = lon engine high voltage gower 17,200 watts

(0.5 newton ar3on engine

Ep = Power processor efficiency = 0,95
n, = Wiring and cabling efficiency = 0.99
d = Solar array degradation factor = 0.8

The beginning of 1ife array requirement is:

S/A Reguirement = 17,200 watts

22,860 watts

The end of life array requirement is:
(22,860)(.8) = 18,288 watts

This array sizing assumes sunlight only operation of ion engines.

5-3



ORiciNAL PAGE &
5.2.1.2 Power Processing Mass Estimates OF FOOR QUALITY

The mass of the screen/accelerator power processor is estimated from
the following formula: (Reference 2-24)

Mass (kg)= 0.8 P34 + 0.6 P;1/2 + 0.06 Py + 2.2
Where Pp = beam power in KW (17.2)

Mass ~ 0.8 (8.44) + 0.6 (4.15) + 0.06 (17.2) + 2.2
= 12.47kg or 27.4 b

The mass of the discharge power pracessor is estimated to be:

Mass, kg 2 1.1 P34 4 p 12+ 0.06 P+ 1.4
Where P, = discharge power in KW (4.8)

Mass = (1.1) (3.24) + 2.19 + 0.06 (4.8) * 1.4
= 7.44kg or 16.4 1b

The mass of the neutralizer keeper is estimated to be 0.7 kg and the
mass of the thrust system controller is estimated to be 4.0 kg. The
total power processing mass for an 0.5 newton thruster is estimated
ty> be 24.6 kg (54.1 1b).

5.3 LEO Platform
The .LEO Platform requirements are described in Section 2.1.

5.3.1 Transformer Coupled Converter (TCC) System

The LEO Mission TCC sizing model is skown in Figure 5.3-1

Spacecraft
Solar TCC o 5K
Array ——@—— Power >
Processor 5KN
3 (Eclipse only)
High '
Voltage L — — - 4 Battery
Solar
Array f\ Ion Engine
'\2 Power EE—
\Z/ Processor

Figure 5.3-1 LEO Mission TCC Sizing Mode)
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5.3.1.1

ORIGINAL p
oF AGE 1§

POOR QuaLITY
Solar array output power = 'L * P * Pc R Pl (5.3-1)
()3 (@l eI " Ty (@ ()
PL = Load Power
PH = Housekeeping power + low voltage ion engine power
Pc = Battery charging power
PI = Ion propulsion high voltage power
w = Wiring and connector efficiency (99.5%)
w " Wiring and connector efficiency (99%)
¢ = Solar array end of 1ife efficiency (80%)
CT = TCC efficiency (95%)
cp = High voltage processor efficiency
Power Generation - Solar Array Sizing
From equation(5.3-1)we have, with
PL = 250,000 watts
Py = 30,622 watts
Pc = 236,400 watts (section 2.1.2.4)
PI = 17,200 watts
ny = 0.99
ny = 0.995
d = 0.3
Er= 0.95
Array Power (BOL) = 2?0 000Y+30 62?w+236 ?00?%§57,+ %%%%gg¥T§7TT§57

= 690,600 + 22,860w

= 713,460 watts




5.3.1.2 TCC Projected Design Parameters

5.3.1.2.1 Assumptions

e The parts count associated with the circuit reflects a non-
redundant configuration.

e The weight estimate was derived hased on TRW designs extrapolated to the
lPQO's.
plus a reduction factor assuming a switching frequency between
20 and 30 KHz.

o Each power stage is fused to protect against internal TCC faults.

)

Overload and overvoltage protection has not been implemented.

e Conversion efficiency of 95% is based on projected improvements
in existing designs.

5.3.1.2.2 Projected Parameters
P Zé: FEach of the 11 TCC power processors will occupy

approximately 0.085 M3 (3 FT3) and will contain
four power stages.

e Mass: Each of the 11 TCC power processors has a mass
of approxiimately 75 Kg (165 1b). The ion propulsion
high voltage power processor is estimated to be
12.5 Kg (27.5 1b).

e Efficiency of TCC: 95%
o Efficiency of high voltage power processor: 95%

o Parts count: 1326 parts for each of the TCC powerprocessors
including parts for current, voltage,
and temperature sensing. {Represents 4 power
stages per channel).
e The parts count for ion propulsion power processing is estimated
to be 567, representing 2 high voltage power stages plus 17 parts
for sensing circuits. The parts count for the low voltage supplies
were not included here or in the SASPM System because they are
identical .

e The total mass of the power processing system is 839 Kg, and the
total parts count is 15,153,

5-6




5.3.1.2.3 Power Processing Cost
Manufacturing cost = ($300/part) (15,153 parts) = $4,545,900

Transportation cost = ($1024/Kg) (839 Kg) = $§ 359,136

5.3.1.2.4 Cool‘ng System Parameters

TCC output requirements:

Payload power = 250,000w/(n;)? = 252,519w
Housekeeping power = ZS,OOOw/(nI)2 = 25,252w
Low voltage fon engine power = 5,622'.'/(“])2 = 5,679
Battery charging power = 236,400w/('<])2 = 238,782w
TOTAL = 522,232w

Losses in TCC = 522,232w (+—=233)

.95
27,486 watts

Losses in high voltage power processor

]
—
~J
~
[}
g
—

’i

905 watts

The radiator mass required to dissipate this heat is:

(12.4 Kg/Kw) (28.391 Kw) = 352 Kg
Mass of heat exchangers = (12) (10 Kg) = 120 Kg
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A radiator cost:

Manufacturing cost = ($33/watt) (28,391 watts) = $936,903

Transportation cost = ($1024/Kg) (472 Kg) = $483,328
Heat exchangers = (12) ($40,000) = $480,000
Plumbing/engineering =  (12) ($20,000) = $240,000

5.3.2 Boost Regulator System

The LEQ Platform sizing model utilizing the buck regulator is the same
as the model shown in Figure 5-1, except that the boost regulator is

projected to have a conversion efficiency of 95.5%.

5.3.2.1 Power Generation - Solar Array Sizing

From equation 5.2-1 we have

. 250,000w + 30,622w + 236,4000  + 17,200w
Array Power (BOL) = T o3ey 1995) (.995) (.8) (.955) (.99)(.8)(.95)

= 686,984 w + 22,860w

= 709,844 wai:.

5.3.2.2 Boost Requlator Projected Design Parameters

5.3.2.2.1 Assumptions
The assumptions are identical to the assumptions for the TCC (section 5.2.1.2)

except that the projected efficiency is 95.5%.



5.3.2.2.2 Projected Parameters

o Size: Each of the 11 boost regulators will occupy approximately
0.08 M (2.5 Ftd)

e Mass: The boost regulators have a mass of approximately 54 ,.5kg each
(120 1bs.)

The mass of the ion propulsion power processor is 12.5kg (27.5 lbs.)
e Efficiency of boost regulator: 95.5%
o Efficiency of high voltage power processor: 95%

e Parts count: 926 parts for each of the boost regulators, including current,
voltage, and temperature sensing,

The parts count for high voltage power processing for the
ion engine is 567.
® The total mass of the power processing system is 612 kg, and the total
parts count is 10,753.

5.3.2.2.3 Power Processing Cost

Manufacturing cost = ($300/part)(10,753 parts) = $3,225,900
Transportation cost = (612 Kg)($1024/kg) = $626,688

5.3.2.2.4 Cooling System Parameters

The 95.5% efficiency of the boost regulator results in 24,608 watts
lost in heat, and there is a 905 watt loss in the ion propulsion high
voltage power processor. The radiator mass required to dissipate this
heat is

(12.4 kg/Kw)(25.513kw) = 316 Kg
Mass of heat exchangers=(12)(10Kg) = 120 Kg
4 Radiator cost:

Manufacturing cost = ($33/watt)(25,513 watts) = $841,929
Transportation cost = (436Kg)($1024/Kg) = $346,464
Heat exchanaers = (12) ($40,000) = $480,000
Plumbing/engineering = (12) ($20,000) = $240,000
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5.3.3

5.3.3.1

5.3.3.2
5.3.3.2.1

5.3.3.2.2

5.3.3.2.3

5.3.3.2.4
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Buck Regulator System

The LEQ Platform sizing model utilizing the buck regulator is the same
as the model showm in Fioure 5.3-1, except that the boost regulator is
projected to have a conversion efficiency of 96,5%.

Power Generator - Solar Arrav Sizing

From equation (5.3-1) we have

Array Power (BOL) = 505000u*30,622w+236§400u 175200 8)(.95)

= 679,865w + 22,860w
= 702,725 watts

Buck Regulator Projected Design Parameters
Assumptions

The assumptions are identical to the assumptions for the TCC (section
5.3.1.2.1) except that the projected efficiency is 96.5%.
Projected Parameters
@ Size: Each of the 11 buck regulators will occupy approx- §
jmately 0.08M3 (2.5 Ft3).
@ Mass: The buck regulators have a mass of approximately i
59 Kg (130 1b.) The mass of the ion propulsion power %
processor is 12.5Kg (27.5 1b.)
e Efficiency of buck regulator: 96.5%
o Efficiency of high voltage power processor: 95%
@ Parts count: 966 parts for each of the buck regulators, including
current, voltage, and temperature sensing.
The parts count for high voltage power processing for
the ion engine is 567.
o The total mass of the power processing system is 662Kg, and the total
parts count is 11,193.
Power Processing Cost

Manufacturing cost = ($300/part) (11,193 parts) = $3,357,900
Transportation cost = (662 Kg) ($1024/Kg) =$ 677,888
Cooling System Parameters

The 96.5% efficiency of the buck regulator results in 18,991 watts lost
in heat, and there is a 905 watt loss in the ion propulsion high voltage
power processor. The radiator mass required to dissipate this heat is

5-10
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(12.4Kg/XW) (19.846kw) = 246Kg
Mass of Heat exchangers = (12) (10Kg) = 120 kg

ARadiator Cost:

Manufacturing = ($33/wmatt) (19,846 watts) = $654,918
Transportation = (366 kg) ($1024/kg) = $314,784
Heat exchangers = (12) ($40,000) = $480,000
Plumbing/engineering = (12) ($20,000) = $240,000
Table 5-1
LEO Platform Sizing Susmary
Boost Buck
TCC Requlator Requlator
Mass of processors, Kg 838 612 662
Mass of solar array, Kg 15,832 15,774 15,616
Mass of radiator
(power processing), Kg 472 436 366
Cost of processors, M$ 4.5% 3.23 3.36
Cost of solar array, M$ 21.40 21.30 21.08
Cost of radiator
(power processing), M$ 1.66 1.56 1.37
Cost of transportation, M§ 17.55 17.35 17.04
Parts count, electrical 15,193 10,753 11,193
Total mass =  17,142kg 16,822kg 16,664kg
Total cost = 45.2M$  43.4M% 42 .9M$

5.3.4 LEO Platform Sizing Conclusion
The buck regulator system is the optimum conventional power system
for the LEO platform.
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5.4 GEO Platform

5.4.1

The GEO Platform requirements are described in Section 2.2.
Transformer Coupled Converter (TCC) System

The GEO Mission has two power system configurations; one when orbit
transfer or orbit maneuvering is taking place and one when payloads

are being supplied the bulk of the power.
model is shown in Figure 5.4-1.

The TCC system sizing

PL = Load Power
Py = Housekeeping power

PC = Battery charging power

Wiring and connector efficiency (99.5%)

(99%)

m
n = Wiring and connector efficiency

d1 = Solar array end of life efficiency (on orbit degradation)

d, = Solar array degradation factor (Van Allen transition)
§1 = TCC efficiency (95%)

Sp;to:‘ecnft — S0KN
ar
O8I OrC -
& ()
- High 1 ki
Yoltage | I
Solar - = — —1| Battery
Array
%2 7\ Ton Engine ") Ion
"o n Power 4’}
&/ Processors -~ Engines
Figure 5.4-1 GEO Mission TCC Sizing Model
P, +P +P
Solar Array output power = l-g H C (5.4-9)

i e



5.4.1.1

5.4.1.2

The on orbit case, where payloads are being supplied, sizes the solar
array requirement.

Power Generation - Solar Array Sizing

The beginning of life solar array requirements account for two degradation
factors. The first accounts for the degradation through the Van Allen
region and the second accounts for ten years in GEO. The factors are 25%
and 15% respectively.

From equation (5.4-1) we have

P, = 50,000 watts ORIGiNA: .
P, = 5,000 watt ¥ POOR Quarirs
W= 5,000 watts QUALITY
Pe = 4.186 watts (Section 2.2.2.4.1)
n.l = .995
d] = .85
dz = .75
£y = .95
Array Power = 20:000+5,000w+4 186w

(.995)3(.85)(.75)(.95)

= 99,208 watts

Ion Engine Power Analysis

The solar array power available to the ion engines is assumed to be the
BOL capability minus the 25% loss in the Van Allen region, and less the
5kw housekeeping array requirement.

99,208 watts (.75) - 5,000 watts
(.95)(.995)3

74,406m - 5,343 watts = 69,063 watts
accounting for line losses

(69,063 watts) (.99) = 68,372 watts

The solar array size required for 0.5 newton thrust is 18,288 watts for
high voltage (Section 5.2.1).




5.4.1.3
5.4.1.3.1

5.4.1.3.2

5.4.1.3.3

5.4.1.3.4

-

The fon engine also requires 5,622 watts (plus distribution losses)
at a lower voltage.

5622 = 24,296 watts

(ny)°(.95)
Scaling this to the available solar array power

18,288 +

68,372 watts
-—l—————z‘.m atts (0.5 Newton)

results in a thrust capability of 1.407 Newtons
TCC Projected Design Parameters

Assumptions
The assumptions are identical to those stated in sectfon 5.3.1.2.1.

Projected Parameters

Size: Each of the four TCC power processors will occupy approximately
0.02843 (1 Ft3) and will consist of one power stage.

Mass: Each of the four TCC power processors has a mass of approxi-
imately 23kg (50.5 1b.). The three power processors for
ion engine control have an estimated total mass of 37 kg (81.4 1b.).

Efficiency of TCC: 95%
Efficiency of high voltage power r-ocessor: 95%

Parts count: 563 parts for each of the TCC power processors,
including parts count for current, voltage, and
‘temperature sensing. The parts count for each
of the three high voltage power processors is
estimated to be 584,

The total mass of the power processing system is 129kg and the total
parts count is 4004.

Power Processing Cost:

Manufacturing:  ($300/part) (4004 parts) = $1,201,200
Transportation: ($1024/kg) (129kg) =¢$ 132,096

Cooling System Parameters

The power system has two modes, the on orbit payload mode, and the ion
engine operating mode. First the on orbit payload mode will be analyzed.
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TCC requirements: Payload:

Housekeeping:
Battery charging:d.zzaku/(n])2

Losses in TCC = 59,872 (

1-.95
%)

50kw/(n;)2

= 50,504 watts
= 5,050 watts
= 4,228 watts

59,782 watts

Total
= 3146 watts

The initial transition to GEO will require cooling for the ion engine power
processors as well as for housekeeping and battery charging power processing.

Ion engine power requirements

1-.95
35

.

68,372w (

= 3599 watts

TCC regulator requirements

Housekeeping
Battery charging

Losses = 9,278 (11§g§)

Total radiator requirement =

Since this requirement is

5,050 watts
4,228 watts
total 9,278 watts
= 488 watts

4,087 watts

greater than the on orbit payload case,

the radiator will be sized to meet this requirement.

A Radiator mass =
Mass of heat exchangers

A Radiator Cost:
Manufacturing
Transportation
Heat exchangers
Plumbing/engineering

5.4.2 Boost Regulator System
The GEO Platform sizing

(12.4Kg/kw) (4.087Kw)
= 7 (10Kg)

[}

50.7 Kg
70 Kg

= ($33/watt) (4087 watts) = $139,841
= ($1024/kg)(120.7 Kag) = $123,597
= 7 ($40,000) -~ $280,000
= 7 ($20,000) = $140,000

model utilizing the boost regulator is the same

as the model shown in Figure 5.4-1, except that the boost regulator is
substituted for the TCC, and the boost regulator is projected to have

a conversion efficiency
5.4.2.1

of 95.5%.

Power Generation - Solar Array Sizing

From equation(5.4-1)we have:



Array Power = 50,000w+5,000w+4 186w
(.495)3(.85)(.75)(.955)

= 98,688 watts
5.4.2.2 lon Engine Power Analysis

Power available to ion engines

98,688 watts (.75) - 5343 watts = 68,673 watts
Accounting for line losses
68,673 watts (.99) = 67,986 watts

Thrust capability:
67,986 watts

21l2§5—iiff§ (.5 Newton) = 1.399 Newtons
5.4.2.3 Boost Regulator Projected Design Parameters

5.4.2.3.1 Assumptions
The assumptions are identical to those stated in Sectqon 5.3.1.2.

5.4.2.3.2 Projected Parameters

& Size: Each of the four boost regulators will occupy approxi-
mately 0.0224° (.75 Ft3) and will consist of one power
stage.

‘e HMass: Each of the four boost regulators have a mass of approxi-
mately 17kg (37.9 15). The three power processors for fon
engine control have an estimated total mass of 37 kg (81.4 1b.)

o Efficiency of boost regulator: 95.5%

o Efficiency of high voltage power processors: 95%

o Parts count: 440 parts for each of the boost regulators, including
parts count for current, voltage, and temperature
sensing. The parts count for each of the three high
voltage power processors is estimated to be 584,

The total mass of the power processingsystem is 105kg and the total
parts count is 3412,

5.4.2.3.3 Power Processing Cost

Manufacturing cost = ($300/parc) (3412 part:)
Transportation cost - (105kg) ($1024/kg)

$1,023,600
107,52".
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5.4.2.3.4 Coouling System Parameters

Ion engine proce:sor requirements
67,986 watts (lf§§§§) = 3,578 watts
Boost regulator requirements

Housekeeping 5,050 watts
Battery Charging 4,228 watt;
Total 9,278 watts

Losses = (9,278 watts)(lfgggé) = 437 watts

Total radfatior requirement = 4,015 watts

D e ——

The radiator mass required to dissipate this heat is

(12.4Kg/Kw)(4.015 Kw) = 49.8 Kg
Mass of heat exchangers = 7 (10 Kg) = 70 Kg

A Radiator Cost:

Manufacturing cost = ($33/watt)(4,015 watts) = $132,495
Transportation cost = ($1,024/Kg)(119.8Kg) = $125,675
Heat exchangers = 7  ($40,000) = $280,000
Plumbing/engineering = 7 ($20,000) = $140,000

5.4.3 Buck Regulator System

The GEQ Platform sizing model utilizing the buck regulator is the same as
the model shown in Figure (5.4-1), ex:zept that the buck regulater is sub-
stituted for the TCC, 2~d the buck regulator is projected to have a con-
versbn efficiency of 96.5%.

5.4.3.1 Power Generation - Solar Array Sizing
Utilizing equation 5.4-1:

50,000w+5 ,000w+4 , 186w

(.995)° (.85).75) (.965)

= 97,666 watts

Array power =

5.4.3.2 lon Engine Power Analysis

Power available to ion engines:

(97,666 watts) (.75) - 5,343 watts = 67,907 watts
Accounting for line losses

(67,907w) (.99) = 67,228 watts

.17
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Thrusc capability:

2%*%%%—!9223 (.5 Newton) = 1.384 Newtons

5.4.3.3 Buck Regulator Projected Design Parameters

5.4.3.3.1 Assumptions *
ons %re‘identical to those stated in Section 5.3.1.2. i
5.4.3.3.2 Projec arameters

° Ze: tach o our buck regulators will occupy approximately

0.023&13 (.08 Ft3). and will consist of one power stage.

e Mass: Each of the four buck regulators has a mass of approximately

18Kg (39.8 1b). The three power processors for fon engine
control have an estimated total mass of 37 Kg (81.4 1b).

Efficiency of buck regulator: 96.5%

Efficiency of high voltage power processors: 95%

Parts count: 453 parts for each of the buck regulators,
including parts count for current, voltage,
and temperature sensing. The parts count :
for each of the three high voltage power %
processors is estimated to be 584. §

e The total mass of the power process.ng system is 109kg and the
total parts count is 3564.
5.4.3.3.3 Pow:: Processing Cost
Manu“acturing cost
Transportation cost
5.4.3.3.4 Cooling System Parameters
Ion engine processor requirements

n

($300/part)(3564 parts) = $1,069,200
(109kg) ($1024/L9) =4$ 111,616

67,228 watts (“ 95) = 3,538 watts

Buck regulator requirements:

Hoisekeesing 5,050 watts

Battery charging 4,228 watts
Total 9,278 watts

Losses = 9,278 watts ( ) = 367 watts

Total radiator requirement = 3905 watts

This requirement will drive the radiator size. The radiator mass
required ic dissipate this heat is

(12.4Kg/Kw)(3.905 Kw) = 48.4 Kg
Mass of heat exchangers - ; (10Kg) = 70 Kg f
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5.5

5.5.1

A radiator cost:

Manufacturing cost = $33/watt) (3905 watts) = $128,865
Transportation cost = (118.4kg) ($1024/Kg) = $121,242
Heat exchangers = 7 ($40,000) = $280,000
Plumbing/engineering = 7 ($20,000) = $140,000
Table 5-2: GEO Mission Sizing Summary
Boost Buck
TCC Regulator Regulator
Mass of processors, Kg 129 105 109
Mass of solar array, Kg 496 493 488
Mass of radiator ( r 121 120 ns
processing) Kg
Cost of processors, M$ 1.20 1.02 1.07
Cost of solar array, M} 4.56 4.54 4.49
Cost of radiator (power 0.52 0.51 0.67
processing) M$ .
Cost of transportation, M$ 0.76 0.74 0.73
Parts count, electrical 4004 3412 3564
Total mass = 746 Kg 718 Kg 715 Kg
Total cost = 7.0 M$ 6.8 M$ 6.7 M§

The buck regulator system is the optimum conventional power system

for the GEO platform.

Ion Propulsion Orbit Transfer Vehicle (IPOTV)

The IPOTV requirements are described in Section 2.3.

Buck Regulator System

Because of ihe similarity in design to the LEO Platform, the buck
regulator system is assumed to be optimum, and will be the only
conventional system analyzed. The IPOTV Mission sizing model is

shown in Figure 5.5-1,
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Figure 5.5-1

Spacecraft
Solar Buck 5K
Array —-@——' Regulator | g
5Kn
3 (Eclipse only)
|
High
Voltage L — -
Solar
Array
Ion Engine .
_(ﬁ:\\, Power —
N Processor

IPOTV Mission Sizing Model

Pu* Pe (5.5-1)

Low voltage solar array output power = —————

Py
Pe
m
d

5.5.1.1 Power Generation - Solar Array Sizing

Fhusekeeping power
Battery charging power
Wiring and connector efficier y (99.5%)
Solar array end of life efficiency (22%)
Buck regulator efficiency (96.5%)

(n)3(a) (g5)

The concept of the IPOTV power system is to start with a 250 KW array
and use it until it degrades to 55 KW before replacing it.

From

P

Pe

M

d

tg

equation(5.5-1)we have

= 5,000 watts

8,568 wa.ts (Section 2.3.2.3)

.995

55 KW _
250 KW -

.965

22
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5 ,000w+8 , 568w

Low voltage array power (BOL) =

64,878 watts

High voltage solar array:

Total array output at BOL = 250 KW

High voltage array = 250,000 w - 64,878 w

185,122 watts
Each 0.5 newton ion engine requires 24,296 watts of array

power {Saction 5.4.1.2)

Projected intial thrust capability lg%*%%%g- (0.5 Newton)

3.810 Newtons

5.5.1.2 Buck Regulator Projected Design Parameters

5.5.1.2.1 Assumptions
The assumptions are identical to the assumptions for the TCC

(Section 5.2.1.2) except that the projected efficiency is 96.5%.

5.5.1.2.2 Projected Parameters

@ Size: Each of the three buck regulators will occupy
approximately 0.0143 (.31 Ft3) and will consist
of one power stage.

® Mass: The buck remlators have a mass of approximately

14.8 Kg (36.6. Lbs) each. The mass of the ion propulsion
power processors is estimated to be 95 Kg (209 1b).

® Efficiency of buck regulator: 96.5%

o Efficiency of high voltage power proce-sor: 95%

® Parts count: 522 parts or each of ti : buck regulators,
including current, voltage and temperature

sensing, The parts count for the high voltage
power processing is estimated to be 4321.

¢ The total mass of the power processing system is 139 Kg and the
total parts count is 5887.

5-.21
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5.5.1.2.3 Power Processing Cost

($300/part) (5887 parts) = $1,766,100
($1024/kg) (139 kg) =$ 146,336

Manufacturing cost
Transportation cost

5.5.1.2.4 Cooling System Parameters

Buck regulator output requirements.

e Housekeeping 5000 watts/n]2 5,050 watts

e Battery charging 8568 watts/n]2

8,654 watts

Total =13,704 watts

Buck regulator losses:

1- 965

13,704 ( ) = 497 watts

High voltage power processor losses

185,120 (1582) = 9743 watts
The radiator mass requlred to dissipate this heat is

(12.4 Kg/kw) (10.24 KW} = 127 Kg

Mass of heat exchangers (assuming 5 ion engines)
8 (10 Kg) = 80 Kg

A radiator cost:
Manufacturing = ($33/watt)(10,240 watts) = $337,920
Transportation = ($1024/Kg)(207 Kg) = $211,968
Heat exchangers = 8 (%$40,000) = $320,000
Plumbing/engineering = 8 ($20,000) = $160,000

Table 5-3: IPOTV Mission Sizing Summary

Mass of processors, Kg 139

Mass of solar array, Kg 1250

Mass of radiator (power processing), Kg 207

Cost of processors, M$ 1.8

Cost of solar array, M$ 11.5

Cost of radiator (power processing), M$ 0.8

Cost of transportation, M$ 0.3

Parts count, electrical 5887
Total mass = fééé
Total cost = 14.1 M§
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5.6 SASPM/Conventional System Comparison Summary

Since the buck regulator was the best of the three conventional systems
analyzed, a comparison of the buck regulator system and SASPM will be made.

The comparison parameters for the three missions are listed in Tables 5-4,
5-5 and 5-6. The efficiency of the buck regulator is 96.5% and the solar

array switching unit is 98.6% efficient.

o el bk b il

TABLE 5-4 LEQ MISSION SIZING COMPARISON

PR, et g+ A1

SR ER—

Buck Regulator SASU Delta 3
e Mass of Processors, Kg 662 24 421 (64%)
Parts Count (Electrical) 11,193 6,898 4,295 (38%)
Cost @ $300/Part, M$ 4.0 2.3 1.7 (43%)
e Solar Array Requirement, 702,725 687,427 15,302 (2%)
watts
Area, square meters 4,685 4,583 102 (2%)
Mass, Kg 15,616 15,276 340 (2%)
*Cost (incl. transportatiog) 37.2 36.4 0.8 (2%)
M
*&
e Active Radiator Requirement,
watts 19,846 None 19,846 -
Area, square meters 44 -- 44 -
Mass, Kg (incl. heat 366 - 366 -
exchanger)
Cost (incl. transportation)M$ 1.7 - 1.7 -
o Total Mass, Kg 16,664 15,517 1147 6.8%
o Total Cost, M$ 42.9 38.7 4.2 9.8%

* This cost is based on projected 1990's cost which is more than an order

of magnitude lower than today's cost.

. . C e
Every effort is made to use existing structure for a passive radiator, however,

the:e Tay be a requirement for a small amount of added mass for passive thermal
control.
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TABLE 5-5 GEO MISSION SIZING COMPARISON
Power Processor Buck Regulator SASPM Delta % z
® Mass of Processors, Kg 109 9] 18 (17%) |
Parts Count (Electrical) 3,564 2,508 1,056 (30%)
Cost 0$300/Part, M$
+ Transportation 1.2 0.9 0.3 (25%) q
e Solar Array Requirement, 97,666 95,588 2,078  (2%)
watts -
Area, square meters 723 708 15 (2%)
Mass, Kg 488 478 10 (2%)
*Cost, incl transportation, M$§ 5.0 4.9 0.1 (2%)
e Active Radiator Requirement, 3,905 None 3,905 -
watts
Area, square meters 8.6 - 8.6 -
Mass, Kg (incl. heat 118 - 118 -
exchangers)
Cost (incl. transporation) M$ 0.7 - 0.7
e Total Mass, Kg 7ns 569 146  (208) |
e Total Cost, M$ 6.9 5.8 1.1 (16%)

* This cost is based on projected 1990's cost which is more thanan order

of magnitude lower than today's cost.
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IPOTV MISSION SIZING SUMMARY

Power Processor Buck Regulator SASU Delta %
e Mass of Processors, Kg 116 69 47 M%)
PartSCngntlgE]ectr;cal) 5,887 1,938 3,949 (679
Cost 00/Part, H
+ Transportation 1.9 0.6 1.3 (67%)
*¢ Solar Array Requirement, Kw 250 250 0 -
Area, Square Meters 1,852 1,852 0 -
Mass, Kg 1,250 1,250 0 -
Cost, incl. transportat;gn, 12.8 12.8 0 --
e Active Radiator Requirement, 10,240 None 10,240 --
watts
Area, square meters 23 - 23 -
Mass, Kg 207 -- 207 --
Cost, incl. transporation, M$ 1.0 - 1.0 --
o Ion Engine Initial Thust 3.810 5.019 1.209( 32%)
Capability, N
® Trip Time - First Round Trip
LEO to GEO and back, days 399 312 87 (22%)
e Total Mass, Kg 1,573 1,319 254 (167)
e Total Cost, M$ 15. 7 13.4 23 (5%)

*

Solar array beginning of life capability is fixed at 250 Kw by design.
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5.7 Dedicated Array Sections

For a large utility type spacecraft, no advantage was found for dedicating
array sections for individual loads. However, there are no unusual
penalties associated with this concept. There is reduced flexibility, and
increased complexity across the rotary joint.

5.8 Conclusions
Benefits were obtained in all objectives:

Projected reduction in the cost of power processing: 25% - 67%

Projected reduction in the mass of power processing equipment:
17% - 64%

Cost and mass of the solar array was reduced 2% for thez LEO
and GEQ missions. At today's cost, this range of savings
would be 2 - 16 M$. (Projected 1990s: 0.1 - 1M§) *

Projected reduction in the mass of the total spacecraft active
radiator: 6 - 12%. (Eliminate active radiator for power
processing)

Projected reduction in the cost of the total spacecraft active
radiator is 10% - 20%.

SASPM has inherent "redundancy" in the number of <witches used
to control small parts of the array. A failure results in a
reduction of the maximium power available. A failure in a
series regulator could be catastrophic forcing redundancy
which would increase mass and gost.

The SASPM concept lends itself to solar array reconfiguration
for various series/parallel combinations of array strings.

It was determined that for the missions analyzed, SASPM
supplied adequate voltage regulation - there was no need
to provide a means of tighter control.

5.8.1 Areas of Concern:

High voltage operation in the space plasma environment is a
major concern.

Operation through Van Allen belt region dictates radiation
resistant cell.

* Based on $30/watt, 1981 dollars. This is optimistic, and may not
be achievable. Todays costs are around 700-800 dollars/watt.
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6.0 Tasky
TECHNOLOGY RECOMMENDATIONS

Technology advancements required to implement SASPM will be identified.
Approximate development costs and schedule estimates will be provided
for those advancements that require additional technology support.

6.1

A major goal in the SASPM design effort was to utilize existing space
qualified components wherever possible and to identify required technology
advances for components which are unique to the high voltage and power
application of the SASPM and not readily available. The category of
components which necessitate future technology advances is discussed below.

Power FET Devices

The advantage of utilizing MOSFET power devices over bipolar ones for
the solar array switches to achieve a significant reduction in parts count
is evident from the previously conducted parametric trade study which was
covered in Section 3. However, the high voltage MOSFET power devices are
not space qualified and exhibit an unacceptably high on-state resistance
(0.3 oms) that causes high solar array switch dissipation.




One solution to this problem within the present technology is to
parallel several well-matched MOSFETs within & hybrid package to reduce
the on resistance to a value comparable to that of the bipolar devices. As an
example, in the baseline design, four NOSFETS were paralleled to achieve 0.075
dhm on resistance. The development work to hybridize the parallel comrected
MOSFET devices (including the associated drive circuit components) will require
a concerted and coordinated effort between the contractor and a selected hybrid
vendor. The development plan presently envisioned entails an estimated timespan
for the overall effort of approximately 12 months.

Extensive review of the future trends in the development of high voltage
and lTow on-resistance silicon MOSFET power devices reveals little expectation
for a major breakthrounh within the next few years. However, research work has
begun in the semiconductor industry to utilize material other than silicon for
high voltage field effect transistors. GaAs, in particular, offers a realistic
possibility that the on-resistance and, therefore, the pawer dissipation nf the
power FETs will be appreciably reduced at all frequencies. It {is predicted that
the on-resistance of the GaAs FETS will be less than one-twelfth of the present
silicon MOSFET devices. It is aisc expected that the GaAs FETs
will have even lower conduction losses than the silicon bipolar devices. The
estimated time period for the development work of the GaAs FETs is several years.

6.2 Microprocessor Controller

The baseline design of SASPM utilizes a space qualified microprocessor
emplaying TTL logic elements. The power consumption of a microprocessor with
TIL devices is a magnitude graater than that of one configured with OS. At
the present time, space qualified CMOS microprocessors are not commercially
available, but efforts in the industry are undervay to qualify thea.
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To reduce parts count, it is planned that the entire circuitry of the
microprocessor controller will be incorporated in a LSI chip. This will
necessitate an undertaking and schedule similar to that employed for the
process of hybridizing the solar array switches. The proposed task 1s within
the capability of existing LSI technology.

High Voltage/Power Switchgear

On the GEO mission, switchgear {s utilized to reconfigure and modify the
SASPM to power either the spacecraft or the fon propulsion loads. For the IPOTY,
the switchoear is incorporated in the SASU to increase ion propulsion bus vol-
tage by 33% to compensate for the graceful degradation of the solar array voltage.
Comparable switchgear has been used in utility systems for carrying relatively
high current and interrupting DC voltages below approximately 30V for some time.
Latching versions of electromechanical devices show good reliability, high ef-
ficiency, wide variety and acceptable cost.

At higher voltages internal arcing tends to cause significant deterioration

in the switching contacts, adversely eff:i.-ting relfability operation. A survey was
made of conventional relay and semicraductor manufacturers to deterwmine the availa-
bility of high voltage/power switchgear devices. Assistance in this survey was given
by the personnel of several NMASA centers who are experts in this field. LeRC

has been funding some switchgear development work and was able to direct the

study team to a few corporate centers where this technology is being pursved.

The findings of the survwey indicate that numerous vendors make high power
switchgear as shown in Table 6-1, but most products will require major de-
velopment in order to become qualified for the proposed application.

One of the most promising candidate devices is the Teledyne-Kinetics 1320
(2PDT) motor driven switch which fias been used in the space shuttle equipment.

This device is vated for 100A at 400V and employs an extemal transistor bypass

[ —
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across the switch contacts. Hybrid components which combine semiconductors with
electromechanical devices (such as the above Teledyne-Kinetics 1320) are being
pursued by a number of manufacturers; and significiat progress 1s being made

to 111 the switchgear needs of future high powar systems.

_ Semiconductor devices are expected to increase their applicability as the
primary powsr switch in solid state switchgear. In particular, there are two
devices that should prove useful in higher voltage switchgear products. One {s
the D6OT bipolar transistor made by Westinghouse; the other is the IRF 350 power
HEXFET manufactured by International Rectifier. It was found that the D60T de-
vice has been applied to a hybrid switch made by Westinghouse.

To reduce power 10ss and circuit complexity, the use of MOSFET Jevices in
the high voltage solid state switch application appears to be advantageous. To
evaluate the relative merits of the MOSFET approach, technology support is re-
quired.

Fiber Optics

The use of fiber optics technology for data transmission between the solar
array switches and the control lcgic offers the following advantages over a con-
ventional wiring or RF transmission approach:

¢ Immunity to voltage transients and electromagnetic intarference.
¢ High voltage isolation.

¢ Elimination of signal crosstalk.

® Reduction of sliprings/wrap-ups for data.

o Small size and reduced weight.

Over the past few years, several organizations (TRW, JPL, SFC, Wright-
Patiarson AFB and Kennedy Space Center) have been involved in the development
of fiber optics technology. TRW participation in the fiber optics field
began with the ESSEX study contract s»onsored by Wright-Patterson AFB. The
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ESSEX concepts were further developed in a follow-on Goddard SFC project called
the Fiber Optics Data Bus Systems Study.

Presently, a multi-year IRAD Project (Fiber Optics Data Link) is in work.

In 1981 this study accomplisned a2 major milestone by testing commercially
packaged XMTR/RCVR 1ink aid interface circuitry to 50 NBS. This prugress is
hindered by the components tested to date not being space qualified. There are
only limited sourccs of components and materials available which are useful in
the 50 to 100 MBS frequency range.

The Fiber Optics Data Link study is scheduled to continue until the end of
1983, and additional tecknology support will be required to complete the develop-
ment work.

High Voltage Solar Arrays
The technology of high voltage solar arrays appeirs to be a major technology

driver involving direct energy transfer to the ion engines. Plasma interaction
and arcing in LEO appears to be a problem "somewhere" above 500 volts, with the
effects beginning to become apparent as low as 200 volts.

In order to fully understand the phenomena, space testing is probably re-
quired. Recent eviuence suggests that the effects of plasma may be cell size
dependent. This is being looked at as part of an on going study at NASA Lewis
Research Center. With the Shuttle becoming operational and higher voitage space
platforms being considered, there will be greater opportunity for space testing
of plasm mitigation techniques.

The plasma interaction 1s greatest for the LEO platform; which employs a
concentrator solar array. It may be possible to bias the focusing comes in such
a8 way as to keep the plasma away from the array. The trade off would be cne of
comparing the power required for bia ‘ny to the losses associated with the plasma.
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It is reasonable to expect, with continued investigation by NASA Lewis,
that a thousand volt operational array could be demonstrated in the 1990's.

Technology Development Plan

The conceptual design of the SASPM shows the requirement for high voltage
solid state array switches and high voltage, high power switchgear to be used
for power transfer and control.

An industry survey reveals that MOSFET technology is progressing at a rate
that will most likely produce the required solid state array switches without
additional technology support. Tcuays microprocessor technology will support
the array switching concept with power requirements dropping to one tenth of
todays requirements within the next sew:vszi years. Fiber optics technology is
projected to be ready well ahead of the 1990's technology readiness for all
three missions. The real development need does not involve solar array switch-
ing per se, but is centered on the requirement for high voltage and high power
switchgear to be used for reconfiguration, power transfer and/or control. An
industry assessment has shown the need for development of such devices to acquire
technolegy readiness by FY 1990. A plan for achieving this development has been
prepared and is presented herein. The proposed plan also includes the develop-
ment of a resettable solid state circuit breaker which has also been established
as a requirement for 2 high voltage, high power circuit prctection device.

Some development is underway for the 25 KW Space Platform which is planned
for the mid-eighties. This switchoear would be applicable for the IPOTV space-
craft bus power distribution. Other on going s..dies such as the Space Power
Distribution Technology Study (NAS8-33198) out of MSFC show that development is
required tc accommodate a 200 - 260 volt power bus.
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6.6.1 Hybrid Devices
One possible approach to produce usable switchgear devices for Space Platform
application is to coxbine the high voltage fast speed characteristics of sewi-
conductor devices with the low contact losses of electromechanical devices in
wpr to produce high voltage, high current, efficient hybrids. This approach

does not optimize response time, but concentrates instead on achieving low “on®
losses and simple control interfaces for use in high voltage applications where
cycle life is not extremely important, e.g., for reconfiguration of arrays.

Voltage capability will be deterwmined primarily by the solid state device
voltage rating since the electromechanical devices generally have very high
ratings in their normally open state, and have high voltage isolation capabili-
ties between their contact and control elements.

The combination of electromechanical devices (solenoid or motor driven).
and solid state switching devices overcomes the disadvantages of each and tends
to meet the greater demands being imposed on switchgear. As stated previously,

,these configurations have combined high current, low voltage electromechanical
devices with high voltage and medium to high current semiconductor devices to
produce low “on" losses and arc suppression capabilities.

6.6.2 Resettable Solid State Circuit Breaker (RSSCB)

This develcoment effort is required to avoid the use cf fuses in applica-
tions where fuse replacement is not practical. The RSSCB {s basically a fast
acting solid state switch that is capable of significant overload stresses,
and is able to sense its own current and place itself into the open configuration
automtically. An external command would then be required to reset the RSSCB

fato the closed position for resumption of power flow.

Solid state switch technology is being studied at Lewis Research Center
as part of an or going program by Ira Meyers.

6-8
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6.6.3 Development Task Statements
A development plan has been catergorized into two basic tasks, A and B.

Task A is concerned with the development of a hybrid switch configuration
(which consists of electromechanical devices which are motor or solenoid
driven) and solid state switching devices. This task qualifies the unit

for space apnlication. Task B consists of the development of the resettable
solid state circuit breaker through space qualification. Presented herein

are brief descriptions of each sub task within each of the above main tasks.

0.6.4 Hybrid Svitch Development
6.6.4.1 Task Al Reouirement Definition

This task is concered primarily with the definition of requirements for
the hybrid configuration. Technical/design objectives, reliability, efficiency,
availability and allowable mass are some of the parameters that require defi-

nition.

6.6.4.2 Task A2 Survey

Based upon the requirements defined in Task Al, an updated industry wide
survey of hardware is to be performed to determine what is needed to meet these

requirements.

6.6.4.3 Task A3 Preliminary Design

The preliminary design of the hybrid switch configuration with solid state
devices will be performed. The information used in perforwming this task will
be based on that derived from Task A2. Long lead time components will be iden-
tified and procuréd for eventual feasibility testing.
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6.6.4.4 Task A4 Detatl Design

Detatl design will be performed. Consideration will be given to the use
of MOSFET, high voltage and high currvent transistors (D707, D60T), and other
components derived from the industry wide survey. Circuit schematics and

drawings will be prepared.

6.6.4.5 Task A5 Breadboard and Test

6.6.4.6

6.6.4.7

6.6.4.8

To prove the feasibility of the selected configurations a breadboard will
be develop.d and testing will be conducted. System and performance characteris-
tics of individual components will be acquired. Recommendations leading toward
design improvement wiil also be identi€ied.

Task A6 Report and Specifications

Specifications of selected components used for the hybrid switching
concept will be prepared and documented.

Task A7 Packaging and Test
The design of the packaging of the flight configured hybrid system with

solid state devices will be accomplished. Detail design drawings will be developed.

Testing of the final configuration will be performed. Modifications and revis-
fons of the packing design will be made if required as a result of testing.

Task 8 Qualification

Qualification of the hybrid unit will be performed using the appropriate
tests as outlined in MIL-STD-1540A for electrical and electronic equipment.
Functional, thermal vacuum and cycling, random vibration, leak, and bum in
are some of the key tests to be performed.

6-10
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, 6.6.4.9 Task 9 Final Report and Specification

3

A final report consisting of the flight configuration and associated
salient features, performance characteristics and/or specifications will be
prepared.

6.6.5 Resettable Solid State Circuit Breaker

6.6.5.1 Task Bl Requirements Definition
This task is concerned primarily with establishing or defining the require-

ments for circuit protection, using such devices as fuses, circuit breakers or
any other available techniques. Technical design objectives, availability and
cost are some of the parameters that will be defined.

6.6.5.2 Task B2 Survev
An industry wide survey wiil be performed to determine the hardware that

satisfies the requirements that are established in Task Bl.

( £.6.5.3 -
Task B3 Preliminary Design

An assessment of circuit protection techniques required for the LEO
and GEO space platform systems showed the need for a large variety of cir-
cuit protection devices. In particular, the resettable solid state circuit
breaker appears to be a strong candidate for high voltage, high power system
circuit protection. A preliminary design of this approach making use of the
hybrid switching concept will be performed. Long lead time components will be
procured for feasibility testing of the preferred approach.

6.6.5.4 Task BA Detail Design
The detail design of the resettable solid state svitch circuit breaker will
‘e performed under this task. Circuit schematics, including component identifi-

catfons, and associated drawings will be prepared.
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(6.6.5.5 Task B5 Breadboard and Test

6.6.5.6

6.6.5.7

6.6.5.8

6.6.5.9

A breadboard of the resettable solid state circuit breaker cenfiguration
will be developed to determine the feasibility of this approach. System and
performance characteristics of individual components will be acquired and

Task B6 Report and Specificatjons
The design of the resettable solid state circuit breaker and feasibiliiy

test results will be documented including recommendations for further improve-
ment in components and circuitry. Specifications of selected components will
also be prepared.

Task B7 Packaging and Test

The design of the packaging of the flight configured resettable solid
state circuit breaker will be accomplished. Detail design drawings will be

developed. Testing of the final configuration will be performed. Modifications
and reyisions to the packaging design will be made, if required as a result
of testing.

Task 88 Qualification
Qualification of the resettable solid state circuit breaker unit will be

performed using the appropriate tests as outlined in MIL-STD-1540A for electri-
cal and elec’ onics equipment. Functional, thermal vacuum and cycling, random
vibration, leak and burm in are some of the key tests to be performed.

Task B9 Final Report and Specifications

This task involves writing a final report on the resettable snlid state
circuit breaker design study. It will include the flight configuration,
including salient features, performance characteristics and/or specifications.

6-12
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6.6.6 Schedule of Performance

Figure 6.6-1 shows a proposed schedule fo: development of the hybrid switch
and resettable <01id state circuit breakers. The schedule shows the time phas-
ing of Tasks Al thru B9, which are defined in the preceding sections.

6.6.7 Cost Estimate

A summary of estimated costs required to accomplish each subtask of
Tasks A and B is shown on Table 6-2  Costs shown are based on manhours for
assigned TRW labor categories and associated tasks for fiscal year 1982 through
fiscal year 1985 based on TRWs burdened bidding rates which have been established
for the identified fiscal year. Total costs include materials and parts for
feasibility tests (breadboard) and packaging for qualification testing, publi-

cation, travel and other direct costs.

6-13
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Cost Summary/Task
Development of Switchgear and Resettable Circuit Breax>rs

Table 6-2

ORIGINAL PAGE 1S
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S W

a firm proposal to accomplish these referenced tasks.

6-15

Fy‘s2 FY'83 FY‘'84 FY‘'8s Plrtsrk: Matl. 3
Al. Requirements Definition | $12,000 ’
A2. Survey 24,000
A3. Prel Design !
(Hybrid with S/S) 12,000 |
M. Detail Design 24,500
A5. Breadboard and Test 93,000 $20,000 |
A6. Phase I Report and Spec] 23,000 ‘
‘A7. Packaging and Test $100,000* $15,000
AB. Final Report and Spec. 26,500
A9. Qualification 56,200
Bl. Requirements Definition 26,500
B2. Survey 26,500
B3. Prel Dasign
(Res S/S Sw Ckt Brkr) 3,200
B4. Detail Design
(Res S/S Sw Ckt Brkr) 27,100
B5. Breadboard and Test $104,100 $15,000
B86. Phase III Report 28,000
87. Packaging and Test 104,000 $10,000
B8. Qualification 469,000
B9. Final Report and Spec. 34,500 | 34,500
Travel $ 5,000 $ 5,000 $ 5,000 $ 1,000
Publication 8,500 13,000 12,000 3,500
CADN 1,700 2,600 2,400 700
Total/FY $203,700 $296 ,600 $285 ,000 $74,200
Total Progream Cost $859,500
% Burdened labor shown
o GM fee not shown
* Includes matls. and parts. Costs shown are for reference only. This is not



Fiber Optics Control Circuitry

There are advantages in using fiber optics (EMI, mass, and parts
The following items need further analysis and development in

order to enhance the fiber optics option.
Light activated power switches

Multiplexing techniques

Light weight, accurate transducers
Rotary joints

High density fiber bundles

6.6.8

reduction).
°
°
°
°
°

6.6.9

Strawman SASPM Development Program

A suggested SASPM development program in four phases is as follows:

1) Low voltage solar array switching unit

(voltage controlled)

Phase I:
°
.
]
.
Phase II: o
Phase III: o
Phase IV: o

Develop basic power stage configuration
Develop control electronics and analyses
Demonstrate transient behavior of unit with
solar array simulator, or a solar array
Explore fiber optics options

Demonstrate reconfiguration capatility
Install fiber optics control circuits
Develop analytical model

Develop high voltage SASU (= 200 volts)
Performance testing of SASU and solar array
simulator, or solar array,

Integration of SASU and solar array or simu-
lator with an argon thruster

Performance verification tests

System demonstration

6- 16




6.7 TYechnology Susmary

® SASPM can be utilized now on present low voltage systems,
however the system has nut been demonstrated with hardware.

o High voltage systems for ion propulsion require development
of high voltage switches.

® MOSFET technology provides significant parts reduction.

® SASPM eliminates concentrated heat loads in power processing,
and reduces parts count and cost.

6.7.1 Demonstration Required for Technology Readiness
e Verify high voltage operation in space plasma environment (LEO)
this is required for ion engine control. High voltage operations
in LEO may drive the solar array design to the concentrator
concept. It may be possible to bias the reflector cones on the array

to keep the plasma away.

o Demonstrate acceptable solar array degradation through Van Allen
Belts, %.e., radiation resistant cell, or annealing. Ground
testing would be acceotable.

6.7.2 Microprocessor Technology
o Space qualified TTL devices are available now and 8 bit CmuS
devices will be available in the near term.

6-17
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APPENDIX A

Mission Requirements
Tables

Power Requirements of SASP Experiments
Power Requirements of MEC Experiments

Voltag: Types and Maximum Power Levels for Multi-100kw
Space Platform

Power Requirements for Space Construction Base Payloads
STS Orbiter Power Requirements
Power Requirements for Certain Sortie Payloads

Transnit - Power Requirements for Certain Public Service
Payloads
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Tahle 1. Power Pequirements of SASP [xperiments

Item Pavg Ppeak v Pstby
R astrophysics M. 1 130 W 300 28 Vdc 60 W
m(”tmphysics No. 2 3.78 k¥ J.IQ)W 28 Vdc 500 ¥
HE Astrophysics No. 1 1.39 &kW M NA MA

HE Astrophysics No. 2 2.33 ki M M KA

HE Astrophysics No. 3 1.36 kW M MA NA

HE Astrophysics No. 4 2.08 kW M 28 Vdc NA

HE Astrophysics No. 5 1.9 kW 1.9 k¥ 28 VYdc 1.9 kW
HE Astrophysics No. 6 1.88 kW M 28 vdc 1.8R kW
HE Astrophysics Nc. 7 1.9 k¥ NA M MA

HE Astrophysics No. 8 300 W NA 28 vdc 50 W

HE Astrophysics No. 9 1.88 k¥ NA NA NA

HE Astrophysics No. 10/11 1.93 kW 1.93 kW 28 vdc 1.92 kW
Large Area Modular Array Reflector 2.33 kW M N N
Mditicnal Cosmic Ray Installation 5.74 kW M M NA
Mditional X-Ray Installation 2.28 k¥ NA NA 1.88 kW
Solar Physics Mo. 1{d 2.7 W M 28 Vdc NA
Solar Physics Mo. 2 2.35 kN. NA 28 Vdc N
100-m Pinhole Camera 2.28 kW M 28 vdc NA
Solar Gamea-Ray Spectrometer 2.28 kW MA 28 Vdc NA
Solar Optical Telescope 3.78 ki M ) NA

Soft X-Ray Facility 2.13 kW MA 28 Ydc NA
1-km Pinhole Camera (4) 2.28 kM M 28 Vdc NA
Space Plasma Fhysics No. 1 3.08 k¥ NA 28 Vdc NA
Space Plasma Physics No. 2 77 kN MA NA A
Space Plasma Physics No. 3 9.16-25 kW MA NA NA
Space Plasma Physics Mo. i 2.3 kW M 28 VYdc NA
Since Plasma Physics Mo. 5 2.08 kW M NA NA

w&.. .cal Release Module 500 kW M NA NA
Tether facility 1.29 kW s NA NA
Particie Beam Injector 1.88-400 kW M M NA
Atmospieric Gravity Wave Antenna 7.56-250 kW MA NA NA
Magnetic Pulsations Experiment 25 M M M MA
Astronomy No. 1 1.91 kW 2.09 kW 78 Vdc 1.64 kW
Astronomy Mo. 2 5.78 kW M M RA
Astronomy No. 3 2.38 kW 2.43 kW 28 Vdc MA

E 2
Notes are given at end of table.
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Table 1. Power Frquirements of SASP Experiments (Continued)

Item Plvg Pgeak v PS“‘)L
Astronomy No. 4 2.78 kM 2.78 ki M tA
Astronomy No. 5 2.78 kM 5.7kl M tA
Astronomy No. 6 3.28 k¥ 5.78 kM 28 Vdc M
UV and Planetary Telescope 2.78 kMW 3.086 kM MA 2.0P k¥
Planet Detection Telescope 2.78 k¥ 2.78 kW 28 Vdc )
IR Telescope (5) 2.78 kW M NA NA
Resource Qbservatory No. 1(6) 2.37 kW NA 28 Vdc A
Resource Observatory No. 2 2.64 kM M 28 vdc 2eS W
Soil Moisture No. 1 1.66 k¥ NA - 28 Vdc 1.17 k¥
Soil Moisture No. 2 1.83 ki b 28 Vdc HA
Tethered Magnetometer 1.28 k¥ 2.29 kM 28 Vdc 0
Laser Fluorescence Spectrameter 4.78 kM N NA NA
Gravity Gradiometer A M 1M NA NA
Earth Resource Synthetic 4.16 k¥ M 28 Vdc 1.26 k¥
Aperture Radar
Thermal IR Imager 2.08 kW NA 28 Vdc NA
Multispectral IR Imager 2.08 k. M 28 Vdc NA
Material Processor No. 1 1.16 kW NA 28 Vdc NA
Material Processor Mo. 2 4.16 kW 5.86 kW 400le 1.86 kW
3115V
Material Processor No. 3 25 kM 60 kW 28 Vdc and NA
120 Vdc

Life Science Lab Module 9.16- - M 28 V4c and

26.16 kW 120 V 60 Hz
Long Habitability Module 6.16- M 28 Vdc and NA

11.16 kW 120 V 60 Hz
Logistics Module 3.16 kv MA 28 Vdc and NA
Enviromment Observation No. 1 5 1.55 kW 1.85 kW 28 Vdc NA
Enviroment (bservation No. 2{3) 2.6 ku A 28 Vc: ™
Environment Observation M. 3(5)  1.67 ™ 28 Vdc NA
Envirorment Observation No. 4 .25 kW NA 28 Vdc M
Light Detection/Ranging Facility 3.79 3.88 kM 28 Vdc NA
Cryogenic Limb-Scan Interfer/ 2.38 kW 2.86 kW 28 Vdc M

Rad iometer

Dual Antenna Altimeter 2.21 kW M 28 Vdc M
Large Antenna Multifrequency 2.25 kW { ) 28 Vdc NA

Micromve Radiometer

-3

A-3
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Table 1. Poww Poquirements of SASPE Experiments (Continaed)

Item Pag Ppeak ' sthy

Dual Frequency Scatterometer 200 k¥ M 28 Vdc 100 W

National Oceanic Satellite System 2.58 kW 3.02 kW 28 Vdc NA

Ocean Topography Experiment 1.97 kW M M NA

AMvanced Operational 2.5 kW M 28 Vdc NA
Meteorological

Ocean Synthetic Aperture Radar 2.08 kW MA 2R Vdc 1.81 kW

(1R « infrared

@) « nigh-Energy

) « Mot Available
(‘)Three Separate Experiments
(5)eour separate Experiments
(6)¢ive Separate Experiments

ORIGINAL PAGE (g’
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Table 2. Power Requirements of MEC Experiments

Item Pmin (kW) Ppeak (k) V¥ (Vdc)

Float Zone Processing System 4 40 120
Advanced Solidification 1.5 22 120
Experiment System

High Gradient Directional 2.5 40 120
Solidification System

Acoustic Containerless 1.5 26 120
Processing System

Electromagnetic Containerless 2 12 120
Processing System

Electrostatic Containerless 1.5 26 120
Processing System

Solution Crystal Growth System 1 14 120
Vapor Crystal Growth System 2.5 K V) 120
Bioprocessing System 2.5 11 120
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Tabie 3. Voltage Types and Maximum Power Levels (in kW)
for Multi-100 kW Space Platform®

High Voltage

Load Location Low Voltage

Regulated Unregulated Regulated 400 +1 Hz 3-Phase

115 +5 Vdc (T8D) 28 +4 Vdc 1157200 vac i
Multidiscipline 20 (500)** 15 20
Lab
Materials/
Processing Lab 20 60 10 20
Construction 20 (75)2e> 10 20
Module
Crane 5 - 2 5
Control Center 20 - 10 20
Crew Habitat 3 - 4 2
M- l
Crew Habitat 3 - : 4 2
No. 2

t 1t

Berthing Module 15 50 20 5
Logistics - - 2 -
Module
Power S ¢ - 10 5
Management

:!ot all connected simul taneously.
“'l'ntemittent 500 kW for plasma physics experiment

Intermittent 75 kW for microwave power transmission antemna test
:(t:ontinuous 50 kW for oz/uz reliquaefaction equipment

Includes 14 kW for Orbiter support



Table 4. Power Requirements for Space
Construction Base Payloads

[tem ':,!1 (kW) P.“ (kW)
TA-1* Antenna NA** 15
iA-Z Antenna NA 455
Construction Lighting 6 HA
Construction Fabricatien 2 9
Construction General Support 2 . NA
Space Processing (Crystals) 12 - 18.5
Space Processing (Glass) 20 30
Space Processiny (Bioprocessing) 4 8
Life Support 1 NA
Multi-Discipline Lab . 12 16
Sensor Development 10 12

Bus voltages: 26 Vdc (Reg), 76 Vdc (Unreg),
112 vdc (Reg)

Power requirements of each item from each bus are not
available.

Housekeeping Power = 6.92 kW

3
'IA = Test Articie
NA = Not Available

A-7
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Table 5. STS Orbiter Power Requirements
Item PIWQ Ppe ak. v
Primary Payload Bus 7 kW 12 kW 27-32 Vdc
Auxiliary Payload Bus 800 kW 1.6 kW 25.7-32 vdc
Aft Payload Bus 3 kW 4 kW 28-32 Vdc
AC No. 2 or AC M. 3 690 VA** 1 KVA 115 +5 Vac

Requirements for ripple:

(1) Narrowband

(2) Broadband

(3) Resistive
Load

(4) Dedicated
Fuel Cell

<0.9 volt p-p (30 Hz to 7 kHz) falling
10 dB/decade to <0.28 volt p-p at 70 kMz,
constant to 400 MHz. '

<1.6 volts p-p (30 Hz to 7 kHz) falling
10 d8/dccade to <0.5 volt p-p at 70 kHz,
constant to 400 MHz,

<0.8 volt p-p (dc to SO MHz). For broadband
cases, no component should exceed
0.4 volt p-p.

€0.1 volt p-p (30 Hz to 10 MHz).
(Orbiter Bus C.)

¥
15 minutes, once in’
*e
?"w.”o

any 3-hour period.

JE——



Table 6. Power Requiremcnts for Certain Sortie Payloads

DC Power AC Power
Item Pal Pnax v Pm Pnax
1-M Shuttle IR* 75C W 1.2kW 28 +A
Telescope Facility
Deep Sky Uv** 992 W 1.38 kW 28 +4
Survey Telescope
I-M Diffration ¢00 W 122 ™ 28 +4
Limited UV Optical -
Telescope
Very Wide Field 28 M 80 W eS8 +4
Galactic Camera -
Cometary Simulation 1.14 kW 1.77 kW 28 +4
30m IR Interferameter 1 kW 1.5 kW 28 +4
Advanced XUV Telescope 400 W 450 W 28 +4
Meteoroid Simulation 1.35 kW 1.88 ki 28 44
Solar Variation 20 W NAtt 204 +4
Photometer -
1m Uncooled 1R Telescope 500 W 1 kW 28 +4
3m Ambient Tempurature 944 W 1.16 ki 28 +4
« IR Tel:scope
1.5a IR Interferometer 1.5 kW 1.78 kW 28 +4

Selected Area Deep Sky 400 W 500 W 28 +4
Survey Telescor

2.5m Cryogenically 944 W 1.26 kN N/A
Cooled IR Telescope

IR UV Optical Telescopes  2.43 kW 3.59 kW

28 +4
IR W Telescopes 1.18 kW 2 kW 28 +4
Schwarzchild Camera 80 W 100 W 28 +4
Far UV Electronographic 30w 440 28 +4
Schmidt Camera/
Spectrograph
UC Berkeley Black 140 W 280 W 28 +4
Brant Payload
XUY Concentrator/ 150 W 200 W 28 +4
Detector Array
:‘l.l! s Infrared
UV = Ultraviolet
Txuv « o
LA ORIGINAL TACT 16



Table 6. Power Requirements for Certiin Sortie Payloads

DC Power AC Power
Item avg P-ax v ngg 'ux v
Proportional Counter 30 u NA 28 +4
Array
Attached Far IR 10w 30w 28 +4
Spectrometer
Ar{_e?/Shuttle uv 250 W 300 W 28 +4
elescope
UC Berkeley Black 140 W 2800 28 +A ORIGINAL PAGE [S
Brant Payload No. 1 - OF POOR QUALITY
Combined UV/XUV 800 W 1.17 kW 28 +4
Measurements !
Combined IR Payload 1.94 kW 2.66 kW 28 +4
Combined UV Payload 1.39 kW 1.88 kW 28 +4
Attached Far IR 5w 10 W 28 +4
Photometer
Cosmic Background 20 W 50 W 28 +4
Anisotropy
Sortie Medium Aperture 320 W 480 M ., 28 +4
Optical Telescope
UV Photometer and 230 W 280 W 28 +4
Spectrograph
Faint Surface Phenomena 10 W 20 W 28 +4
Lyman B Imaging 9V 15 W 28 +4
X-Ray Angular Structure 575 W 625 W 28 +4
High Inclination Cosmic 300 W 345 M 28 +4
Ray Survey -
X-Ray/Gamma Ray Pallet 725 W NA 28 +4
Gamma Ray Pallet 360 W NA 28 +4
Magnetic Spectrometer 234 W NA 28 +4
High Energy Gamma Ray 285 W NA 28 +4
Survey
High Energy Cosmic 100 W NA 28 +A
Ray Study
Gamma Ray Photometric 400 W MA 28 +4
Studies
Low Energy X-Ray 360 W 404 4 28
Telescope
High Resolution X-Ray 625 W 865 W 28 +4
Telescope
Anti{proton Measurements $00 W 550 W 28 +4
Liquid “X" Detector 500 W 550 W 28 +4

A-10
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Table b. Power Requirements for Certain Sortie Payloads

3

Microwave System

at 400 Mz at 400 Hz

DC Power AC Power

Item P.& Pmax v P.& Pax v

High Sensitivity Medium 180 W 210 W 28 +4
Energy Gamma Ray Survey

Transition Radiation S0 W NA 28 +4
Detector

Graded Cerenkov Detector 100 W 115 W 28 +4

High Energy Gamma Ray 180 W NA 28 +4
Detector

Dedicated Solar Sortie 2.75 kW 3.05 kW 28 +4
Mission

Solar Fine Pointing 2.6 kW 2.9 kW 28 +4
Payload

ATM Spacelab 2.25 kW 2.7 kW 28 +4

Solar Far IR Telescope, 974 M 1.19 ki 28 +4
Ambient Temperature

Flare Coarse Monitoring 610 W NA 28 +4
Package

Solar Activity Early 2.4 kV 2.8 kW . 28 +A
Payload

Solar Flare Detailed 260 W 405 W 28 +4
X-Ray Structure

Solar Activity Growth 995 W l1.14 kW 28 +4
Processes

Solar Atmospheric Wave 654 W NA 28 +A
Propagation ‘

Ph‘sics of Flaring 104 ¥ NA 28 +4

right Points

Density from Certain 182 W 327 M 28 +4
Types of lons

Coronal Dynamics 613 W NA 28 +4

Sclar Flare Plasma Flow 100 W 110 W 28 +4

Solar Flare Detailed 250 W 315 M 28 +4
X-Ray Structure (Nc. 2)

Atmospheric and 5.77 kW 10 kW 28 +4
Magnetospheric Plasmas
in Space

Lidar System 270 W MA 28 +4

tlectron Accelerator 1.28 kW 1.4 kW 28 +4

Chemical Release 3 106 W 28 +A

Diagnostic Payload 120 W 430 W 28 +4

Zero G Cloud Physics 1 kW 1.9 ki 28 +4
Laboratory =

- Shuttle Imaging - - - 1.82 kW 2.01 kW 115 +7

PI———
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Table 6. Power Requirements for Certain Sortie Payloads

0C Power AC Power
P 4 4
Item P!.!Q Pmax v ave max v
Scanning _ 964 W M 28 «4
Spectro-Radiometer
Active Optical 264 M 1.08 kW 28 +4
Scatterometer
High Resolution mgrer QW 150 W 28 +4
of Multiple High-Level
Ozone Fields
Space Shuttle 3.8k WA 28 +«4
Calibration Facility
Active and Passive Cloud 500 W NA 28 4
Radiance Experiment
Microwave Limb Sounder 1 A 28 +4
Standard Earth 1 kv ) 28 +4
Observations Package
Atmospheric X-Ray 60 60 M 28 A
Emission Experiment
Specialized Multispectral 200 W 300 W 28 +4
Impoing Systea
Meteorology Radar $00 W M 28 +A
Facility
lh;:‘ I1 Interferometer LE B M 28 4
ar
Earth Resources Shuttle Sk 7.5k 28644 NA ) L)
Imaging Radar
Shuttle Imaging 930 A 28
Nicrowave Systems A
Mark 1 Interferometer 130 v M 28 +4 254 M S70 M 115 7
Earth at 400 Mz at 400 Mz -
Multifrequency Radar 2.19 kM 3.02 kW 28 +4
Land Imagery
Multifrequency Dual 0w 438 W 28 «4
Polarized Microwave
Radiumetry
Nicrowave Scatterometer 415 M 559 W 28 4
Multispectral Scamning 219k 302k 28R
lsagery
Laser Altimeier/ s M 795 ™ 28 +4
Profilimeter txperiment
Multifrequency Propagation 355 W a3 M 28 4

Experiment

A-12
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Table 6. Power Requirements for Certain Sortie Payloads
OC Power AC Power
Item Pavg Pmax v Pavg Pmax v
Ocean Wave Spectrum as w 565 W 28 +4
Analysis
Precision Laser Ranging 300 W NA 28 +4
System
Vector Geomagnetic Field 50 W NA 28 +4
Measurement
Biological Experiment NA NA - 5,67 kW 9.3 ki 115 47
(SPA No. 1) at 400 Hz at 400 Mz
Furnace Experiment - - - 6.8 kW  18.1 kW 115 47
(SPA No. 2) at 400 Hz at 400 H2
Levitation Experiment - - - 7.8 kd .14 kM 115 47
(SPA No. 3) at 400 Hz at 400 Hz
General Purpose - - - 3.5 ki 4.9 ki 115 &7
Experiments (SPA No. 4) at 400 Hz at 400 Hz
Dedicated Experiments - - - 6.8 ki 23.8 kW 115 47
(SPA No. 5) at 400 Hz at 400 Mz
Automated Furnace - - - 6.25 kW 13.3 kW 115 +7
(SPA No. 12) at 400 Hz at 400 Hz
Automated Levitation - - - 7.1 kW 16 kW 115 +7
(SPA No. 13) at 400 Hz at 400 Hz
Manned and Automated M NA 28 +4 13.6 k4 22 kM 115 +7
Experiments (SPA No. 14) at 400 Hz at 400 Hz
Automated Furnace and M M 28 +4 9.9 kv 21.5kM 115 #7
Levitation (SPA No. 15) : at 400 Hz at 400 Hz -
Biological and General - - - 4.6 kW 9.3 kW 115 +7
Purpose Exgerimts at 400 Hz at 400 Kz -
(SPA No. 16)
Biological and Automated - - - 6.8 k¥ 23.8 kW 115 #7
Experiments (SPA Mo. 19) at 400 Hz at 400 Hz
Mi:imum Biological - - - 3.15kW 485k 115 &)
Experiments (SPA No. 21) at 400 Hz at 400 Hz
. A-13
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Table 6. Power Requirements for Certain Sortiec Payloads
OC Power AC Power
[tem pggg, Pnax v ngg Pmax v
Minimum Furnice . - - - 3.64 kW 6.3 kW 115 +7
Experiment (SPA No. 22) at 400 Hz at 400 M -
Minimur General - - - 2.27 kM 3.6 kW 115 7
Purpuse Experiments at 400 Hz at 400 H2 -
First Spacelab Mission 472 M 925 W 28 +4 140 W 244 W 115 +7
at 400 Hz at 400 H2
Free Flying 45 W 689 W 28 +4
Teleoperator
Life Sciences Shuttle 2.76 kW 3.7 kW 28 +4
Laboratory
Life Sciences 284 W 1.1 kW 28 +4
Mini-laboratories
First Life Sciences 3B W 1.62 W 28 +4
Spacelab Mission
Animal Waste Management 150 ¥ NA 28 +4
Demonstration
Integrated Real Time 392 W NA 28 +4
tontamination Monitor
Drop Dynamics - - - 125 W 175 o 115 47
at 60 Hz at 60 Hz
Wall-less Chemistry 380 W NA 28 +4 BOO W NA 115 +7
Facility at 60 Hz
Thermai Conductivity 28 W NA 28 +4
Measurements .
Critical Point 250 W NA 28 +4
Phenamena -
Combustion Experiments 271 W NA 28 ~4
Tunable Lasers for 200 W 1.1 kh 28 %4
Atmospheric Measurements
Autoromous Navigation, 150 W NA 28 +4
Earth Pointing Experiment
Microwave Radiometer 50 W NA 28 +4
Meteor Spectroscopy 15 W NA 28 +4
Environmental Effects 150 W NA 28 +4
on Polymeric Materials
Zero G Steam Generator 500 W NA 28 +4

a7 spe
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Power Requirements for Certain Sortie Payloads

Enviromment Experiment

CO, Laser Data kclay Link 131 171 W
Co‘unfcation Relay lests

Large Reflector
Deploiment

T™T Open Envelope

Experiments

Millimeter Large Wave
Aperture Experiment

Microwave Interferometer 50 ™ 8
Navigation and Tracking

Ald

Shuttle Navigation via
Global Positioning

Setellite

Adaptive Multibeam Antenna 300 W NA

Experiment

VYideo Data Compression
High Data Rate Laser

Transmitter

28 +4
1.01 kW 1.73 k28 +4 452 M
. at 400 Hz
177 356 W 28 +4 514 ¥
at 400 Hz
897 o 917 W 28 +4
1.2 kM
at 60 Mz
28+ 50
at 400 Mz
69 M 103 ¥ 28 +4 100 W
at 400 M2
28 +4
80 W ) 28 +4
5u 130 W 28 4

DC Power AC i ower
Item P‘!’ PL_IX_ v '!Vﬂ 'QQK v
Multispectral Scanner 170 W 260 u 28 +4
for Coastal Zone
Oceanogra
Searchm::d ::‘{cue E VIR NA 28 +4
Imaging Radar ‘
Hadamard Imaging iz NA 28 +4
Spectrometer
Colony Growth in Zero G 60 90 8o
Interpersonal Transfer 140 W M 28 +4
of Microorganisms in
Zero G
Special Properties of 60 W 140 W 28 +4
Biolcyical Cells
Sampling of Airborne 60 4 560 W 28 4
Particles
Advanced Techncl 1.3 kW 2.5ki 28 +4
Laboratory No. .
. Liquid Helium Research - - - 2 kM 3 kM 115 +7
' Factility at 50 Hz at 60 Mz
giectromagnetic 791 W 1.28 kM 28 +4

515 W 115 47
at 400 Hz
685 W 115 ¢7
at 400 Hz

A5
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Table 6. Power Requirements for Certain Sortie Payloads

0C Power AC Power
Item ’avg P".L v P P.“ v
High Data Rate Laser 215 M 350 W 28 +4
Receiver )
Bandwidth Compressive - - - 1.3 kW NA 115 7

Modulation Shuttle Experiment

ORIGINAL PALT 15
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Table 7. Transmit Power Requirements for Certain

Public Service Payloads

AGE 18
UALITY

Item Power Orbit
Diplomat ic/UN Hotlines 200 M GE0
High Capacity Long Line S kW GEO
Telephone Service
Comr:ter Long Line 100K GEO
Holograpaic Teleconferencing 75 ki GEO
National Information S kW GEO
Service No. 1
Mvanced TV Broadcast 50 I:H‘ GEO
Mititary Aircraft Communications 20 ki GEO
Mobile Communication Trunk 200 kW 6E0
Electronic Mail Transmission < 100 kW GEO
Police Wrist Radio Communications No. 1 20 kW GEO
Voting/Polling Wrist Radio System 25 ki GEO
Personal Wrist Radio Communications No. 1 6 kv GEO
Military Mrist Radio Communications Mo. 1 25 kW GEO
Energy Use Monitor 6 kW GEC
Disaster Communications Net 25 kN GE0
Personal Wrist Radio Communications No. 2 70 kW GEO
Personal Mavigation Mo. 1 200 W GEO
Personal Mavigation No. 2 8 W GEO
-Redar Ground Mapper 1 kM LEo
High Resolution Earth Mapping Radar 1 e LEO
UN Truce Observation Radar 1 oM LEO
Advanced Array Radar 1 sl LEO
Coastal Passive Radar 2 mi GEO

A-17
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Appendix B
Ion Propulsion Requirements

General solutions for spacecraft positioning problems are offered by
ion propulsion thrusters. Of interest here is the effect cn solar array
design of using such a propulsion system; solar array sizing being of para-
mount importance, with array degradation being a subset of this parameter.
The positioning problems addressed here are:

o Atmospiieric drag make-up at low earth altitudes

e Orbit transfer with and without orbit inclination changes
Atmospheric Drag at Low Earth Altitudes

The primary orbital disturbance at altitudes below 500 km is aero-
dynamic drag; therefore, drag make-up will determine the ion propulsion
requirements for the LEQ platform.

The drag force (F) caused by the earth's atmosphere is dependent upon
the following parameters:

.o The density of the atmosphere at altitude h(p).

e The square of the orbital velocity (VZ).

o The effective frontal area of the spacecraft (A

eff)‘
o The coefficient of drag, determined by the spacecraft

geometry (Cp).

There are many models for the density of the atmosphere in the range
of altitudes of interest because of variations such as solar activity and
sunlight or eclipse comparative durations. Figure B-1 graphically displays
two such models. The upper curve is kolverton's “standard” density model
and the lower curve is based on the 1976 NOAA/NASA standard atmosphere.
Computations for this study will be based on the NOAA/NASA standard model.
Effects of fluctuations in atmospheric density are expected to average out

for the long term mission.
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The orbital velocity i3 dependent upon the orbital altitude. V" is

computed from the following formula:

ORIGINAL PACE 1@’

16 ..3,.2
v2 = {1.4069 x 10~ ft7/s”) OF POOR QUALITY

Radius of orbit in feet

The effective frontal area of the spacecraft is the area as viewed
along the negative velocity vector. The frontal area of the solar array
varies from full face area to edge area along the veiocity vector. An
estimate of 0.55 times the full face area has been made for the effective
drag area over an orbit [Aeff = %-A (1 + f)],where f is the ratio of array

thickness to width. The area of the LEO solar array is 4583 mz. The effec-

tive area computes to 2521 mz. The coefficient of drag will be taken as
2.3 for this analysis. This value represents a worst case for the geo-
metries to be considered. To counteract drag, the required thrust must be

equal but opposite to the drag force. The drag force (F) is as follows:

Both o and v2 are functions of the altitude (h), and depend upon the
altitude model used. Figure B-2 is a plot of drag force as a function of
altitude for a normalized (1 m2) solar array for both recognized atmospheric
models.

The power required from the solar array to supply the thrust required

to exactly offset the drag force is:
FeI-sp-go
S
N2

where:
P = power required
F = drag force (same as thrust)
Isp = specific impulse of selected thruster
9 = acceleration due to gravity

Ny = power conditioning efficiency
thruster efficiency

B-3



DRAG FORZE PER M2 OF SOLAR ARRAY (N)

3
w

b

ORIGINAL Fini &7
OF POOR QUAL‘T“

ALTITUDE (km)

Figure B-2. Normalized Drag Force at given Altitudes (per lz)

/ WOLVERTON MODEL

B
. ‘ '

1976 NOAA/NASA .
—  STANDARD ATMOSPHERE
[ \
B Cp=23
- .
0 100 200 300 400 600 600 200




2.0

lsp varies as a function of beam voltage. Figure B-3 gives the power
required per -2 of solar array for a range of lsp from 100 to 800 volts,
utilizing argon thrusters with a mass utilization efficiency cf 88%. The

power conditioning efficiency selected is selected as 80% and the thruster

efficiency (as a function of Isp) is presented in Figure B-4..
The value of % is assumed constant at 9.8 q/sec2 over this altitude range,
and area is effective area over the orbit.

Orbit Transfer

The velocity increment requirements for orbit raising with or without
orbit inclination changes have been calculated by the Edelbaum approximation
which closely approximates the optimum A required for a low, continuous

thrust spiral maneuver. For a change in altitude corresponding to a change
in orbital velocity fromvo to v and/or an inclination change of i degrees,
the propulsion requirement is
AV = (v2 - 2v. v cos (5 ai) + vz) /2
0 0 2 ’
where the orbital velocity is
v = (wa)’2

For v in meters/sec the gravitational constant, u, is 3.984 x 10'M

o e 1 St

n:isec2 and a is the radius of the circular orbit in meters.

Figures B-5 and B-6 show the av requirements versus final altitude for
starting altitudes of 200 and 1000 km for a rusber of inclination changes.
Note that the inclination change is a significant part of the total maneuver,
especially for low and intermediate altitudes. The decrease in Av require-
ments for a given inclination change toward higher altitudes reflects the
proportionality of the inclination change to the square root of the orbit radius.
Using equation (B-1), the total velocity increment required to raise
from several starting altitudes to synchronous altitude with an inclination

change of 28.5 degees are given in Table 1.

ORIGINAL Fhsi
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BOWER (w/m2 OF SOLAR ARRAY)
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BEAM VOLYAGE
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ELECTRIC THRUSTER EFFICIENCY, ny, %
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SPECIFIC IMPULSE,, lgp, SEC

Figure B-4. Lic. tric Thruster Module Efficicncy Versus Specific lupulse
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TABLE 8-1 Welocity fncrements required to rafse altitude
from an initial altitude shown to geosynchronous
orbit ascuming a 28.5 degree inclination change

1s required.

Original Velocity Velocity
Al t::ude lncn::gt - !ncr:::n t
200 19709 6007.4
250 19619 5980.0
300 19530 5952.8
350 19442 §926.0
400 19355 5899.5
o 19269 5873.3
500 19184 - 5847.4
550 19101 5821.8
600 19018 §795.6
650 18936 51N.5
700 18854 §746.8
750 18774 5722.4
800 18695 ‘ $698.2
850 18616 5674.3
900 18539 5650.7
950 18462 5627.3
1000 18386 5604.2
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The time required to 1ift a given mass from LEO to GEO f{s:

at = F (&)
where:

T - thrust (N)

m = mass (kg)

&V = velocity increment (m/sec)

& = time required (sec)

Figure B-7 is a plot of the time requirved to travel from LEQ to GEO as a
function of available thrust. Also, plotted on the abcissa is the array output
required to generate the given thrust.

The thrusters employed operate under the following parameters:

Type: Argon

Beam Voltage: ~800 volts

ISP: 5600 seconds

Mass utilization efficiency: 90%
EPS efficiency: 80%

Thruster efficiency: 63%
Average sunlight %: 843

Power reguired: +55 KWe/N

The initial flignt will start at point (1) of Figure B-7. Assuming all
the degradation occurs at the end of the trip, the trip will take 132 days,
and the array will degrade (Figure 2.2-3) by 25%. Assuming no annealing of the
array, the return trip will start at point (2)(188 KW). The trips until the
array has degraded to 58KW are shown in Table 2.

8-




Table 2
IPOTV LEO to GEO Trips

Trip # Begin S/A  End S/A  Days/Trip A Degradation  Accum Degradation

1 250 Kn 188 Ki 132 25% 25%
1R 188 KW 168 ki 176 8% 3%
2 168 KN 150 K 196 7% 402
2R 150 KW 135 KW 220 6% 46%
3 135 KW 120 KW 244 6% 52%
3R 120 KW 105 Kw 275 6% 58%
4 105 KW 93 KW 330 5% 63%
4R 93 KW 80 KW 390 5% 68%
5 80 K 68 KN 40 5% 73%
5R 68 KW 58 KW 500 43 7%

B-12




TIME FROM LEO TO GEO (DAYS)

L

2
¥

ORIGINAL PH3E
OF POOR QUALITY

1 -1 1
2 3 4
THRUST (N)
| 1 1
120 180 240
SOLAR ARRAY REQUIRED (kw)

Figure B-7 Trip Duration for POTV Vehicle
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ORIGINAL PACE I
Subsystam Spacification OF POOR QUALITY

Electrical Power System
Manned Low Earth Orbiting Platform

Scope
This specification establishes the performance, design and development

requirements for a Manmed Low Earth Orbiting (LEO) Platform Electrical
Power System. (EPS)

APPLICABLE DOCUMENTS

REQUIREMENTS

Item Definition

The EPS shall include the power generating system (solar array), the energy
storage system (batteries), the power source controller system (array
switching unit and control), the main power system controller, and output
regulators for housekeeping and ion propulsion systems.

3.1.1 Item Diagrams

A simplified block diagram is depicted in Fioure C-1.

3.L.1.1 Ordbit

Low earth orbit (LEO):~ 400 km, maximm eclipse perfod: 0.6 hrs,
Ninimum sunlight period: 0.9 hrs, Inclination: 0° to 57°.

3.1.2 Interface Definition
3.1.2.1 Electrical Interfaces
3.1.2.1.1 Undervoltage Signal

Relay contact closure indicates voltage less than 160 + 1.0 volts, time
delay variable 0.1 to 5.0 seconds.

3.1.2.1.2 Telemetry

For both the data system and PMS input.



ORIGINAL pA
3.0.2.1.2.1 Bilew! OF POOR Quff,#

Logic 0: -o.ﬂgvﬂc_ﬁo.ﬂi-l'-ux. A
Logic 1: 02.2'«_'*5_06.0'010“-::. -
3.1.2.1.2.2 Mmalog
8-to 5.12V, source impedance < 2000 ohms, load {mput current of 0.5 wa dc
< during sampling interval, 0.1 us dc otherwise, fault voltage *+ 10V maximum.
3.1.2.1.2.3 Telemetry Sensor Characteristics
(a) Temperature: vesistance, 220 ohms to 26.5K ohas
(b) Remote Power Controller:
Active: Switch closure, < 2.0 ohms
(c) Current: Yoltage of 0 to 6.5 Vdc, minimum impedance, 360K ohms.
(d) Voltage: 0 to 5.12 Vdc
3.1.2.1.3 Commands
(a) Relay state change: switch closure to ground, V,, of
+ 30.0 Vdc maxtmm, I, of 300 ya @ + 30 ¥de. ‘
3.2 COharacteristics
3.2.1 Performance
3.2.1.1 Power - .
3.2.1.1.1 Sclar Array '
Output: Total Array
563 K @ BOL, > 585 Kw @ EOL
Housekeeping and payloads
566 Kw @8OL, > 566 Kw @ EOL
Ton Propulsion
22 kw @ BOL, > 15 Kw @ EOL
VYoltage: Housekeeping and payload
< 250 Vygp in sunlight, thermally stabilized (EOL)
2 575 Yy in sunlight for 6 minutes exiting eclipse (BOL)

c-2
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Ion Propulsion

> 265 Vygp < 850 Yipp 10 sunlight, thermally stabilized (EOL)
< 1950 loc {n sunlight for 6 minutes exiting eclipse (BOL).

Temperature Range: - 80°C during eclipse to + 80°C during sunlight
Modularity: 11 channels, minimum switched sectfon output step size,

1.5 amperes.

"

3.2.1.1.2 Battery
1 ni-nz. 250 AH, 160 cell battery for each of 11 chamnels.

Full charge current: 97 a (C/, ¢)
Trickle dnrge. curreat: 3 a (Clsa)
Maximm DOD: 503

3.2.1.1.3 Power Capability

Payload p lon]\ s
sion
Eclipse . m g 3
Sunlight 23 Knw

3.2.1.1.4 Power Characteristics (Main Power Bus)

3.2.1.1.4.1 Yoltage
Unregulated dc, steady state
Maximum voltage (battery trickle charge): 250 wolts
Minfmm voltage (battery discharging @ 50% DOD): 200 volts
3.2.1.1.4.2 Bus Ispedance ’
< 0.3 ohms, dc to 100 Kiz
3.2.1.1.4.3 Power Quality

Conducted interference requirements of MIL-STD-1541 apply.
3.2.1.1.4.4 Ripple

Narrowband: < 0.9V p-p, 30 llz to mz. falling 10 db/decade to
0.28Y p-p @ 70 Kliz, thereafter constant to 400 lilz.

C-3
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Sroadband: < 1.6V p-p, 0 H, to 7.KH,, falling 10 db/decade to

0.5Vp-p0 70 mz. thereafter constant to 400 Illz.
Resistive load: < 0.8Y p-p, dc to 50 M,.
3.2.1.1.4.5 Transients

Tommon mode dc: < 300 x 10°5 v-sec above or below nominal
(200 to 250V) bus voltage

Peak: < S0V above nominal high (250) bus voltage
< 30V on the return
Rise and fall time > 1 usec.

3.2.1.1.5 Under/Overvoltage
No damage to components when operating from 0 to 200 volts, and
250 to 300 volts (batteries excepted).
Payload shall dump for voltages of < 160 + 1V for more than 5 sec
on main power bus. |
3.2.1.1.6 Shielding and Grounds
MIL-STD-1541 shall apply.
3.2.1.1.7 Radiated EMI :
MIL-STD-461, Notice 3 shall apply.
3.2.1.2 Payload Power . _.

3.2.1.2.1 Unrequlated DC .
250 Kw @ 200 Ydc to 250 Vdc to payload, continuously from main power bus.

25 kw @ 200 - 250 Vdc to housekeeping loads continuously.

3.2.1.2.2 Regulated DC Power
23 Kw @ 860 + 10% Vdc to ion propulsion in sunlight only.

C-4
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ORIGINAL FAGE S
OF POOR QUALITY Subsystem Specification
for

Electrical Power System
Unmanned Geosynchronous Earth Ordbiting Platform

1.0 SCOPE
1.1 Scope
This specification establishes the performance, design, and development
requiresents for an unsanned Geosynchronous Earth Orbiting (GEO) Electrical
Power System (EPS).
2.0 APPLICABLE DOCUMENTS
3.0 REQUIREMENTS °
3.1 Item Definition
The EPS shall include the power generating system (solar array), the energy
storage system (batteries), the power source controller system (array switching

unit and control), the main power system controller, and output regulators for
. housekeeping and fon proprision systems. '

' 3.1.1 Item Diagrams

A simplified block diagram is depicted in Figure C-2.

3.1.1.1 Orbdit
Geosynchronous Earth Orbit (GE0): ~ 36,000km, max

eclipse period: 72 minutes (max)
3.1.2 [Interface Definition

3.1.2.1 Electrical Interfaces

3.1.2.1.1 Undervoltage Signal
Relay contact closure indicates voltage less than 168 + 1.0 volts, time

delay variable 0.1 to 5.0 seconds.

3.1.2.1.2 Telemetry
For both the data system and PMS input.



31.2.1.2.1 Miew) ORIGINAL PAGE 19
Logic 0: -0.6V < 'l"l < 0.6V @ -1 ma max. OF POOR QUALITY

Logic 1: +2.2V <V, < 0.6V @ 10 va max.
3.'.2.‘.2.2 m'!’

Vto 5.12V, source impedance < 2000 chms, load input curveat of 0.5 ua dc
during sampling interval, 0.1 ua dc otherwise, fault voltage + 10V max.

3.1.2.1.2.3 Telemetry Sensor Characteristics
(a) Temperature: resistance, 220 ohms to 26.5K ohms

(b) - Remote Power Controller:
. Active: Switch closure, < 2.0 ohms
(c) Current: Voltage of 0 to 6.5 Vdc, minimm {nput
fmpedance, 360K ohms
(d) Voltage: 0 to 5J2 Vdc
3.1.2.1.3 Commands , ,
(a) Relay state change: Switch closure to ground, ¥, of
+30.0 VYdc max, loh of 300 ua @ +30 Vdc.
3.2 Characteristics

3.2.1 Performance ) .
3.2.1.1 Power

3.2.1.1.1 Solar Array

Output: Total Array -
96 Kie @ BOL

Ion Propulsion
04 Sic 3 BOL, reconfigurable tc supdly hayloads.
Payloads and housekeeping

96 Kiie @ BOL

Cc-7
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Voltage: Payloads and housekeeping
< 260 ¥pp n sunlight, thermally stabilized (eoL)
< 585 Voe in sunlight for six minutes exiting eclipse (o0L).
Ion Propulsion
> 765 Vypp < 850 in sunlight, thermally stabilized.
Tesperature Range: -180°C during eclipse to +60°C during sunlight.
Modularity: Four channels, minimum switched section output step
size, 1.5 amperes.
3.2.1.1.2 Battery
One Ag-llz. 150 AH, 168 cell battery for each of 4 channels.
Initfal charge rate at 15 amperes, tapering to 2 amperes trickle charge.
Maximum DOD = 75%
3.2.1.1.3 Power Capability

Ion
' Payload Housekeepin Propulsion
Eclipse A‘D’W 5 ﬁ 0
Sunlight 50 Kw S Kw . 23 Kw

3.2.1.1.4 Power Characteristics (Main Power Bus)

3.2.1.1.4.1 Voltage
Unregulated DC steady state: .

Housekeeping and payload busses

e Maximm voltage (battery trickle charge): 260 wolts

o Ninimum voltage (battery discharging @ 50% DOD): 200 volts

Ion Propulsion bus

360 + 10% Vdc

3.2.1.1.4.2 Bus lwpedance

< 0.3 ohms, dc to 100 KH,
3.2.1.1.4.3 Power Quality

Conducted interference requirements of NIL-STD-1541 apply.




ORIGINAL PAST (3
OF POOR QUALITY

3.2.1.1.4.4 Ripple
Narrowband: < 0.9V p-p X0 ﬂz to mz. falling 10 d@/decade to

0.28Y p-p @ 70 Ki,, thereaftar constant to 400 MH,.
Broadband: x 1.6V p-p, X llz to Mz. falling 10 db/decade to
0.5V p-p @ 70 KH,, thereafter constant to 400 MH_.
Resistive load: < 0.8Y p-p, dc to 50 ml.

3.2.1.1.4.5 Transients
Common mode dc: < 300 x 10°% v-sec above or below mominal

. (200 to 260V) bus voltage.
Peak: < 50V above nominal high (260) bus voltage.
< 30V on the return
Rise and fall time > 1 usec.
3.2.1.1.5 Under/Overvoltage |
No damage to components when operating from 0 to 300 volts
(batteries excepted). |
Payload shall dusp for voltages of < 168 + 1V for more than 5 sec on
mafn power bus.
3.2.1.1.6 Shielding & Ground
MIL-STD-1541 shall apply.
3.2.1.1.7 Radiated EMI
MIL-STD-461, Notice 3 shall apply.

c-9
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Electrical Power System
Ion Propulsion Orbit Transfer Vehicle

‘.'

SCOPE
11 feme
This specification establishes the performance, design, and development

requirements for an wnmanned Ion Propulsion Orbit Trensfer Vehicle (IPOTY)
Electrical Power System (EPS).

2.0 APPLICABLE DOCUMENTS

3.0 REQUIREMENTS

3.1 Item Definition

The EPS shall include the power generating system (solar array), the energy

storage system (batteries) the power source controller system (array switching
unit and controls), the min power system controller, and output regulators for
housekeeping and fon propuision systess.

- 3.1.1 Item Diagrams '
A simplified block diagram {s depicted in Figure C-3.

3.1.1.1 Orbit ) '
Transfer orbit from Jow earth orbit (LEO) to geosynchronous earth orbit (GEO)
with dwell time in efther or both orbits. .
3.1.2 Interface Definition
3.1.2.1 Electrical lnum_

3.1.2.1.1 Undervoltage Signal
Relay contact closure indicates voltage less than 100 + 1.0 volts, time

delay variable 0.1 to 5.0 seconds.

3.1.2.1.2 Telemetry
For both the data system and PNS input.

c-n



3.1.2.1.2.1 Bilewel ORIGINAL PAGL 15
Logic 0: 0.6V <V, < 0.6V @ -lma max
Logic 1: 2.2V < V,, < 0.6V @ 10 ya max
3.1.2.1.2.2 Amalog
9 to 5.12V, source impedance < 2000 ohms, 1oad faput currest of 0.5 ya dc
during sampling nterval, 0.1 ya dc otherwise, fauit voltage + 10V max.

3.1.2.1.2.3 Telemetry Semsor Characteristics

(a)
(b)

(c)

(d)

3.1.2.1.3
(a)

OF POOR QUALITY

Temperature: resistance, 220 chms to 26.5K ohms
Remote Power Controller
‘Active: Switch closure, < 2.0 ohms
Current: Voltage of O to 6.5 Vdc,
minimm fnput impedance, 360K ohms
Yoltage: O to 5J2 Vdc

Commands

Relay state change: switch closure to ground, ¥, of
+30.0 Vdc max, I, of 300 ua @ +30 Vdc '

3.2 Characteristics

3.2.1 Performance r ‘

3.2.10.1 Power

.20

Solar Array

Output: Total Array

250 Kie @ BOL

Ion Propulsion

250 Kile @ BOL

Payloads and housekeeping
64 Kie @ BOL

C-12




Voltage: Mousekeeping QUALITY
< 120 Yygp I8 sumlight, thermally stabilized (EOL)
< 270 Vo 1n sunlight for six minutes exiting eclipse (B0L)
Ion Propulsion
» 720 Vypp < 960 in sunlight, therwally stabilized.
Tesperature Range -180°C during eciipse (GEO), to +80°C (LEO)
Modularity: Three channels, wminimum switched section output step size,
1.0 amps.
3.2.1.1.2 Battery
One N,-H,, 50 A, 80 cell battery for each of 3 channels.
Initial charge rate at 5 asperes, tapering to 1 ampere trickie charge.
Max{imum DOD = 50% LEO, and 75% GEO

3.2.1.1.3 Power Capsbility :
on
Housekeeping  Propulsion

Eclipse 5 K 0

Sunlight 10 Kw 240 Kw
3.2.1.1.4 Power Characteristics
3.2.1.1.4.1 Yoltage s

Unregulated dc steady state:
Housekeep’s.; bus - Maximm v;ltaw (battery trickle charge)
120 volts
Minfmum voltage (battery discharging at 50% D0D):
100 volts
Ion Propulsion 3us: 360 + 10% Vdc

3.2.1.1.4.2 Bus lwpedance
< 0.3 ohms, dc to 100 Khz

3.2.1.1.4.3 Power Quality ’
Conducted interference requiresents of NIL-STD-1541 apply.
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3.2.1.1.4.4 Ripule
Narrowband: < 0.9V p-p, X0 "z to muz. falling 10 db/decade to
0.28V p-p @ 70 mz. thereafter constant to 400 le
Broadband: < 1.6V p-p, X0 nz to maz. falling 10 db/decade to

= 0.5V p-p @ 70 Ki_, thereafter constant to 400 MH,.

. ee

Resistive Load: < 0.8V p-p, dc to 50 mz.

3.2.1.1.4.5 Transients
Common mode dc: < 300 x 107® v-sec above or below nowinal

(200 to 260V) bus voltage.
Peak: -<_50V above nominal high (260) bus voltage.
< 30V on the return
Rise and fall time > 1 usec.
3.2.1.1.5 Under/Overvoltage
No damage to components when operating from 0 tv 100 volts

(batteries excepted). .
Payload shall dump for voltages of < 100 + 1V for more than 5 sec
on main power bus.
3.2.1.1.6 Shielding & Grounds )
MIL-STD-1541 shall apply.-
3.2.1.1.7 Radiated EMI |
MIL-STD-461, Notice 3 shall apply.

C-14



ORIGINAL PAGE I3
OF POOR QUALITY

£=3 3NYI4

uBjseQ weisdg Jemog (001420 sujjesog ALOG|

ALINNLYOGIO DIANIS LXIN LV LINN Q31IVd 30V 1d3N ‘3DVSN JO NOILONNG — 3317
338 V4 “TYNOILVYEIHO NiVd — ALINIBVIISY

(€) ALIDVAVD AUILLIVYE AG G3NI430 = ALILNVYND TINNVHI
WILNIO OVOT HOV3 NIHLIM GACG33N SY — DNISS3I00Hd 43MOd

OQA 0Tt OL 00! ‘3DVLIOA 3JMNOS LV LNIWEND LOIWIA ~ NOILNGINLSIO HIMOd
NOILYIND3Y AVHUY ¥V108 — HIDUVHO A¥ILLYE
AN3LLYE NIDOWAAH-T3NIIN — IDOVHOLS ADYINT

AVHNY V108 WVYNVTd NODITIS — NOILVEINED

¥31081NGY

AVNYY

¥V108

C-15




ORIGINAL PAGE I
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STATEMENT OF HORK

Seler Arvay Switching Power Kansgemest (SASPN) is am appresch to power
amagenent thet uses switches to directly commect growps of selar cells n
such  way a5 to provide systes voltage regulation, electrical jower ¢is-
tridbution, and the ability to reconfigure the solar array faput cepability
for chonging 10ad requirements or for maintenance operations.

e shjective of this study 1s to fdentify SASMM concepts and techno-

" legy advencaments which, 1f developed, will have the capability of increas-
tag poser systems efficiency, end reducing overall cost. A comperisom to

conventiona! gover mansgement approsches will be made, demonstrating poten-
tial banefits of the SASPM in the areas of cost, weight, reliability, heat

rejection, reconfigurstion flexfdility, and growth.
The s_tuly consists of the following:

a) Task 1. Mission Requirements and Definition

Define a set of mission characteristics to the depth required
to determine their puwer manigement requirements. Estiate the

power management requirements and comstraists. Task I is to be
prfond for three mfssions:

1) ;::d Low Earth Ordit (LEO) Platform - 250 Kile average

2) Ummanned Geosynchromous Equatorial Orbit (GEO) Platform -
S0 Kie average load.

3) 1lon Propulsion Orbit Tramsfer Vehicle (IPOTY) -
$0-250 Kile

5) Task 11. Candidate Concepts Analysis and Selection

Identify SASPM comcepts that could satisfy the requirements
defined in Task 1. Compere the SASPM concepts accordimg to
cost, weight and volume, relisbility, efficiency, and thermal
control. Determine the concept impacts on mission character-
istics snd hordwere. [Establish conventional power processing

. baseline data.
¢) Task 111. Concept(s) Definition and Ispacts

Provide further definition of the Task 1] concepts. Further
define and quantify the SASIM concepts.

i AN S & s
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€) Jast V. Gpsperigons

Conpare the dafinftion ond tmpacts ebtained tn Task 111 with
t'b :u of conventional power precessing techniques for each
-arnsion. »

e) Jpsk V. Technology Recosmendations -

Mentify require” technology advance:s meces to % l;ent
SASPM for the three maission classes. sy $o W

f) Yosk Vi. Reporting Raquiraments
1) Moathly technics) progress merratives
t) tonthly fiaancic! and schedular reporting
3) Wid Task I oriefing
4) Wi Te 11 driefing
§) Fina! repurt.

D=2
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EOL
EPS
6EO
IPOTY

sp
Lee
LEO
LSI
MEC
PEP

RSSCB

SASP
SASPM
SASU
SEPS
SP
STS
TCC

s

APPENDIX E
Acronyms

Array switching unit

Beginning of life

Depth of discharge

End of life

Electrical power system
Geosynchronous equatorial orbit

Ion propulsion orbit transfer vehicle
Specific impulse

Load center controller

Low earth orbit

Large scale integrated circuit
Materials Experiment Carrier

Power Extension Package

Power management system

Resettable solid state circuit breaker
Solar array switch

Science and applications space platform
Solar array switching power management
Solar array switching unit

Solar electric propulsion system

Space platform

Space transportation system
Transformer coupled converter
Microprocessor

E-1
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