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SUMMARY 

The simulation of a transonic viscous flow over a series of three-dimensional configurations, ranging 
from isolated wings to relatively complete aircraft, is presented. A fast, diagonalized Beam-Warming 
algorithm is used in conjunction with a zonal approach to solve the Eulermavier-S tokes equations for these 
applications. The computer code, called Transonic Navier-Stokes, uses four zones for wing configurations 
and up to 19 zones for more complete aircraft configurations. For the inner zones adjacent to no-slip 
surfaces, the thin-layer Navier-Stokes equations are solved, while in the outer zones the Euler equations 
are solved. Numerical results are presented and compared with experiment (when available) for wing 
calculations and a more complete configuration based on the F-16A aircraft. 

ZONAL GRID APPROACH 

The zonal philosophy will be explained in detail for the four-zone wing version. First, a base grid 
is generated about a wing composed of NACA 0012 cross sections having a 20" leading edge sweep, an 
aspect ratio of 3.0, and a taper ratio of 1.0 via an elliptic-solver grid-generator.' Once the base grid is 
generated, a zozmg algorithm is used to divide the grid into separate zones. Referring to figure 1, the 
first grid zone (grid 1) is the base grid itself, with a small block of grid points near the wing removed. 
The second grid zone (grid 2) basically occupies the space left open by the block of points removed from 
grid 1, with a small region of overlap included (usually one or two grid cells on all boundaries). Grid 2 is 
constructed so as to contain twice as many grid points in each spatial direction as the original base grid. 
This refinement of grid 2 relative to the base grid is accomplished via cubic-spline interpolation. Similar 
to grid 1, grid 2 has a small block of points removed near the wing. 

The final two grid zones (grids 3 and 4) occupy the space left open by the block of points removed 
from grid 2, again with a small region of overlap included. Grids 3 and 4 are constructed so as to contain the 
same number of points, in both the spanwise and chordwise directions, as grid 2. However, the grid points 
in the normal direction are highly clustered in order to capture viscous effects on the wing surfaces. Grid 
3 is designed to capture the upper wing surface viscous effects and grid 4, the lower wing surface viscous 
effects. The two outer inviscid grid zones are topologically represented in the computational domain as 

. cubes, with smaller cubes removed from the middle. The third and fourth viscous zones are topologically 
represented as simple cubes in the computational domain. The code also has the option to model wind 
tunnel walls and a C, comparison for free-air versus wind tunnel walls will be shown. 

NACA 0012 WING RESULTS 

The flow conditions for this test case are a free-stream Mach number of 0.826, angle of attack of 
2", and a Reynolds number of eight million based on chord.. For this case the wind-tunnel-wall effects are 
very significant. This can be seen in figure 2 where the pressure coefficient distributions from the Transonic 
Navier-Stokes (TNS) code, with and without the walls modeled, are compared with e~periment.~ The shift 
in shock position caused by the tunnel walls is obvious. The shock position for the case with walls is in 
good agreement with the experimental shock position, while the free-air shock position is too far upstream 



by about 10-12% of chord. This solution required about 500 iterations, at a data processing rate of 5 ,us 
per iteration, per grid point. For the current grid, this required about 45 min of central processing unit time 
on the Cray XMPl48 computer using a single processor. For a more detailed explanation of the results, the 
reader is referred to references 3 and 4. 

F- 16A WING-FUSELAGE-INLET RESULTS 

The modified F-16A geometry is shown in figure 3, illustrating the exclusion of the tail assembly. 
Note that the forebody, canopy, leading edge strake, wing, shelf regions, inlet, and diverter sections are 
unmodified, and represent the exact F-16A geometry. It is extremely difficult, with a single grid, to achieve 
appropriate viscous clustering at all solid boundaries for this complicated geometry. However, with the 
use of zonal methods, this becomes a manageable problem. 

As with the wing code, a base grid is fed into the zonal routine, which subsequently creates 19 zones 
by subdividing the original base grid. This process is controlled by various parameters which exist in 
the zonal routine. The zones created are essentially of three types: 1) inviscid zones, 2) viscous zones 
with clustering on one face corresponding to wing or fuselage no-slip surfaces, and 3) viscous zones with 
clustering on two adjacent faces corresponding to the wing-fuselage juncture. Figure 4 shows the zoned 
planform and fuselage surface grids about the modified F-16A geometry. The total number of grid points 
is approximately 300,000. The inviscid zones away from the geometry have as few as 3000 grid points, 
whereas the viscous zones near the body contain as many as 28,000 grid points. 

Flow-through conditions are applied at the inlet face; that is, boundary values at the inlet face are 
determined by extrapolation of the computed solution values from one plane upstream of the inlet face. 
No-slip conditions are applied on all solid surfaces including the underside of the fuselage, the diverter 
section, and the upper surface of the inlet. 

Computational results are presented for the modified F-16A geometry for M, = 0.9 ,  a! = 4.12 ", 
and a Reynolds number based on root chord of 4.5 million. Figure 5 shows a comparison of the computed 
pressure distribution with experimentS for four different spanwise stations along the wing and one station 
along the upper surface fuselage centerline. The data points designated by the upward- and downward- 
pointing triangles identify the experimental pressure distributions for the upper and lower surfaces of the 
wing, respectively. The solid line indicates the numerical computation. At the leading edge of the wing, 
the computation tends to underpredict the pressure coefficient. This underprediction is caused by the lack 
of grid resolution at the leading edge of the wing. The trailing edge prediction of pressure is quite good 
all along the span of the wing. The lower surface prediction is good, and the upper surface agreement is 
also good except that the aft-shock position is underpredicted by about 10% of chord. Failure to accurately 
pick up the aft-shock strength and position is largely due to insufficient grid resolution in the streamwise 
direction. The base grid used in this calculation contained 60 points on the wing in the streamwise direction. 

The computed pressure distribution along the fuselage upper surface centerline (shown in the bottom 
of fig. 5) is in good agreement with the experimental pressures, up to the beginning of the canopy. The 
expansion and recompression regions caused by the canopy are underpredicted by the computation. Again, 
this is caused by insufficient gridresolution. Downstream of the canopy the agreement is good. The last few 
experimental data points reflect the tail-assembly influence, which was not simulated in the computation. 

Figure 6 displays C, comparisons between the computed solution and the experiment for two stream- 
wise cross-sectional planes near the inlet region. Figure 6(a) shows a comparison at a streamwise location 



of [ = 0.43, and figure 6(b) shows a comparison at 6 = 0 -83. The parameter 6 is aligned with the stream- 
wise direction and is equal to 0.0 at the inlet face and 1.0 at the end of the inlet (where the inlet diverter has 
fully merged into the fuselage). The symbols indicate experimental results, and the solid line computed 
results. The dashed line indicates the cross-sectional body definition, the inlet, diverter section, and the 
leading edge strake. Generally the computed pressure results are in good agreement with experimental 
results. The sharp jump in pressure, which is exhibited in both the experimental and computational results, 
is caused by the expansion of flow around the strake leading edge. 

This solution required about 3000 iterations, at a data processing rate of 36 ps per iteration, per grid 
point. For the current grid, this required about 20 hours of central processing unit time on the Cray XMP/48 
computer using a single processor. References 6 and 7 give the reader a more indepth analysis of the grids, 

- and flow results for the F- 16A. 

CONCLUSIONS 

Transonic flow fields about wing, wing-fuselage, and wing-fuselage-inlet geometries have been com- 
puted using a zonal Eulermavier-Stokes formulation. In the present approach the flow domain is divided 
into several zones or blocks. This zonal approach offers several distinct advantages over non-zonal tech- 
niques. The flow field can be broken into grid zones which tend to adapt to the flow field in a beneficial 
way. That is, regions of the flow field with significant gradients can be resolved with dense grid zones, 
while regions iniwhich the flow has small gradients can be resolved with coarse grid zones. In addition, the 
use of a zonal technique makes the task of computing flow fields about complex geometries more tenable. 

- 
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Figure 1.- Perspective view of embedded grid with upper symmetry plane ( y = 0, z 2 0) and wing 
surface highlighted. 
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Figure 2.- Pressure coefficient comparisons; NACA 0012 airfoil sections, ALE = 20°, AR = 3 .O, 
T R =  l .O ,Mm=0 .826 , a=2O,Re=  8x10~. a)2y/b=0.25;b)2y/b=0.50;  



Figure 3.- Wing-fuselage-inlet geometry derived from the F- 16A configuration. 

Figure 4.- Different zonal grids about the F-16A wing-fuselage geometry. 
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Figure 5.- Comparison of the F-16A wing-fuselage pressure coefficient distributions; M, = 0.90, 
a!= 4.12", Re,= 4 . 5 ~ 1 0 ~ .  



Figure 6.- Comparison of pressure coefficient distributions for the F-16A wing-fuselage-inlet config- 
uration in the vicinity of the inlet-diverter region; M, = 0.90, a = 4.12P, Re, = 4 . 5 ~ 1 0  . a) [ = 0.43, 
b) [ = 0.83. 
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