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Summary 

Steady and unsteady pressures were measured on 
a clipped delta wing with a 6-percent circular-arc 
airfoil section in the Langley Transonic Dynamics 
Tunnel. The model was oscillated in pitch about 
65.2 percent of the root chord and had an oscillat- 
ing trailing-edge control surface. Measurements were 
concentrated over a Mach number range from 0.88 
to 0.94; less extensive measurements were made at  
Mach numbers of 0.40, 0.96, and 1.12. The Reynolds 
number based on mean chord was approximately 
10 x lo6. Static-pressure distributions were obtained 
for ranges of Mach number, wing pitch angle, and 
control-surface deflection. Unsteady pressures were 
measured as functions of Mach number, mean an- 
gle of attack, pitch amplitude and frequency, and 
control-surface amplitude and frequency. 

Introduction 

In the past, the primary tools in the study of 
aeroelastic instabilities at  transonic speeds have been 
experimental methods. Developing computer tech- 
nology and computer codes are gradually making 
meaningful analysis possible in this complex mixed- 
flow speed range. Concurrent with analytical ad- 
vances, a data base bf unsteady pressure measure- 
ments (e.g., refs. 1 through 6) has been growing and 
will provide a source for comparison with the new 
codes. 

This paper gives results of steady and unsteady 
pressure measurements made on a clipped-tip delta 
wing (fig. I) ,  primarily in the transonic speed range, 
at  a Reynolds number based on mean chord of ap- 
proximately 10 x lo6 in the Langley Transonic Dy- 
namics Tunnel (TDT). The test was conducted using 
a ~ r e o n l  test medium and focused on the transonic 
speed range between Mach numbers of 0.88 and 0.94. 
Less complete measurements were also made at  Mach 
numbers of 0.40, 0.96, and 1.12. The measurements 
were made for the wing oscillating in pitch at  f 0.25' 
and at  f0.50° about mean angles of attack rang- 
ing from 0' to 3' and for control-surface oscillations 
(f 2', f 4', and f 6') about a control-surface mean 
angle of attack of 0' over a range of wing pitch an- 
gles. Static and dynamic data are presented in the 
form of cross plots of the variables. The static pres- 
sure distributions are given in the form of Cp,,, the 
coefficient of the upper-surface pressure, and ACp, 
the coefficient of the pressure difference between the 
upper and lower surfaces. The dynamic data are 

Freon: Registered trademark of E. I. du Pont de 
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given in the form of the pressure coefficient modu- 
lus normalized by motion amplitude (deg) and phase 
for both ICp,ul and IOCpl . Pressure modulus coef- 
ficients were chosen instead of real and imaginary 
coefficients, because the dynamic-pressure distribu- 
tions are closely related to the static-pressure distri- 
butions, and meaningful comparisons can be made 
between the two. Because of the bulk of the data, 
only the test conditions for each data point are listed. 
The tabulated data are available in the microfiche 
enclosed with this paper and on magnetic tape upon 
request. 

Steady pressure distributions are compared with 
computed pressure distributions obtained from a 
small disturbance code (ref. 7) and with the linear 
code of reference 8. Comparisons of unsteady pres- 
sure distributions are also made with reference 8. 

The appendix is a discussion of vortex formation, 
development, and influence shown by the pressure 
distributions. An analysis using the SOUSSA (ref. 9) 
surface panel method is compared with the experi- 
mental data in the angle-of-attack range, where the 
vortex effects are small. 

The authors wish to acknowledge the contribution 
of Herbert J. Cunningham of the Unsteady Aero- 
dynamics Branch for the linear-theory calculations 
that were used in comparison with experiment in this 
report. 

Symbols 

AC control-surface area, in2 

an Fourier coefficient 

bn Fourier coefficient 

c h  static control-surface hinge-moment 
coefficient, v, positive 

for trailing edge down 

CP pressure coefficient 

lower-surface steady pressure 
coefficient (CPL in table V and in 
computer-generated supplements) 

C~ ,u upper-surface steady pressure 
"coefficient (CPU in table V and in 
computer-generated supplements) 

ICP~ modulus of oscillating-pressure 
coefficient 

ICple 1 modulus of oscillating pressure on 
lower surface 

ICp,,l modulus of oscillating pressure on 
upper surface 



pressure differential coefficient 
(DEL C P  in tab1e.V and in 
computer-generated supplements), 

t 1 c thickness ratio 

V free-stream velocity, ft/sec 

x streamwise coordinate measured 
from local leading edge, in. 

modulus of oscillating-pressure 

coefficient differential, 5 / c  local chordwise position referenced 
to  local chord length 

local chord length in streamwise 
direction, in. 

Y spanwise coordinate, in. 

CY dynamic peak amplitude in pitch, 
positive for trailing edge down 
(ALPHA in table V and in 
computer-generated supplements), 
deg 

wing mean chord length, in. 

control-surface mean chord length, 
in. 

Exp. 

f 

experiment - 
CY steady or mean dynamic amplitude 

in pitch, positive for trailing edge 
down (ALPHA BAR in table V 
and in computer-generated supple- 
ments), deg 

frequency (FREQ. in table V and in 
computer-generated supplements), 
Hz 

H.L. 

k 

hinge line 

S dynamic control-surface peak 
amplitude, positive for trailing edge 
down (DELTA in table V and in 
computer-generated supplements), 
deg 

reduced frequency (K in table V 
and in computer-generated supple- 
ments), $+ 

L.E. 

M 

leading edge 

Mach number (MACH in table V 
and in computer-generated 
supplements) 

- 

S steady or mean control-surface 
deflection, positive for trailing edge 
down, deg 

number of samples in integer 
number of cycles 

4 phase angle between oscillatory 
pressure and oscillating wing pitch 
angle or control-surface position, 
deg 

multiple of oscillating frequency n 

PSD 

Pl 

Pt 

power spectral density 
A4 phase angle between upper and 

lower surface (D PHAS in table V 
and in computer-generated supple- 
ments), deg 

pressure a t  lower-surface orifice, psf 

stagnation pressure (H in table V 
and in computer-generated supple- 
ments), psf 4e lower-surface phase angle (PHAS 

L in table V and in computer- 
generated supplements), deg 

pressure a t  upper-surface orifice, psf 

dynamic pressure (Q in table V 
and in computer-generated supple- 
ments), psf 

4u upper-surface phase angle (PHAS 
U in table V and in computer- 
generated supplements), deg 

Reynolds number based on mean 
chord length (RN in table V and in 
computer-generated supplements) 

w frequency, radlsec 

Model and Apparatus radius, in. 

Model span, in. 

stagnation temperature (TO in 
table V and in computer-generated 
supplements), OR 

The model planform geometry is shown in fig- 
ure 1. The model had a leading-edge sweep an- 
gle of 50.4", a span of 45.08 in., a root chord of 



63.55 in., a tip chord of 9.03 in., and a 6-percent- 
thick circular-arc airfoil section. The model was con- 
structed of stainless-steel ribs and spars (fig. 2) cov- 
ered by Du Pont Kevlar epoxy panels. Wing stiffness 
was not measured, but the structure was extremely 
stiff, as indicated in the section "Pitch-Oscillation 
Node Lines." An integral shaft at  65.22-percent 
root chord connected the wing to the driving mech- 
anism. A fence was built-in at  the root (fig. 3(a)) to 
seal the wing-splitter plate juncture. Leading- and 
trailing-edge control surfaces were located between 
56.6-percent span and 82.9-percent span. The hinge 
line of the leading-edge control was at  15-percent 
chord, and the hinge line of the trailing-edge control 
was at  80-percent chord. The control-surface spars, 
ribs, and skin were made of graphite-epoxy and had 
stepped steel shafts which were pinned to hydraulic 
actuators. The hinge line was sealed on both con- 
trol surfaces. The leading-edge control surface was 
pinned and faired along the streamwise edges and 
was not utilized for the tests described in this report. 
The hinge-line cove was not faired. 

There was a misalignment of the trailing-edge 
control surface on the order of 2O, so the inboard 
trailing edge was lower than the outboard trailing 
edge. For these tests, the control surface was posi- 
tioned to give equal deflection, positive and negative, 
on each edge. 

A boundary-layer transition strip with a width of 
0.1 in. was applied to both the upper and lower wing 
surfaces a t  8-percent chord. Number 70 grit was used 
from root to midspan, and number 90 grit was used 
from midspan to tip. 

Figure 3(a) shows the wing mounted on the side- 
wall of the TDT. The supporting shaft projects 
through a bearing plate to the oscillating drive mech- 
anism mounted on the sidewall inside the tunnel 
plenum. The splitter plate was constructed in two 
sections. The outer section was made of aluminum- 
sheathed aircraft plywood and was supported by 5- 
in. supports to  bring the splitter plate outside the 
tunnel-wall boundary layer. The inner (center) sec- 
tion was fabricated from 0.125-in. sheet aluminum 
and served as a movable, compliant seal between the 
splitter platc and thc wing fence. This section, with 
a slot to accommodate the wing, was remotely con- 
trolled in pitch to  adjust the angle of the slot as the 
wing mean angle was changed. A ~ e f l o n ~  strip on the 
outer edge of the slot served as a bearing surface and 
seal between the splitter plate and the wing fence. 

Teflon: Registered trademark of E. I. du Pont 
de Nemours & Co., Inc. 

Oscillating Mechanisms 

Wing pitch. The model was designed to operate 
as a spring-mass system at  resonance in pitch and roll 
using separate spring systems. The spring systems 
were driven by a hydraulic actuator (2700 psi; 1- 
in2 bore) that was controlled by a servo feedback 
system for each mode. For the present test, the roll 
system was removed. The pitch springs (fig. 3(b)) 
had a combined stiffness of 667 lb per degree and 
were attached to arms on each side of the shaft by 
a system of cables and pulleys. The model was 
driven in pitch by the hydraulic actuator, which was 
coupled by an arm to the wing shaft by a rod-end 
bearing. The mean angle of attack was independent 
of the oscillating system and was driven through a 
worm gear by a direct-current motor. In practice, it 
was necessary to operate the system in a preloaded 
condition of -lo to eliminate load reversal. The 
preloading eliminated the development of free play 
in the bearings of the system. 

Control surface. The rotary vanes of the minia- 
turized hydraulic control-surface actuators were 
pinned to the control-surface shaft adjacent to and 
inboard of the control surfaces. These actuators were 
similar to those described in reference 10. 

Pitch-Oscillation Node Lines 

The wind-off node lines for forced oscillations in 
pitch were determined by using the model pitch- 
oscillation system and accelerometers. Node lines 
were determined for test frequencies of 4 Hz, 8 Hz, 
16 Hz, and 22 Hz. The first natural frequency 
was 28 Hz. The deflections were measured with 
six accelerometers evenly spaced along each of six 
chords. Linear and second-order least-squares curve 
fits were applied to the data of each of the six chords. 
The resulting node lines are shown in figure 4. The 
chordwise deflections were linear in the streamwise 
direction, and the small variations of the node lines 
with frequency are considered to be an indication of 
the stiffness of the model. 

Instrumentation 

General Configuration 

Each transducer was paired with a static-pressure 
orifice which, in addition to being used for static- 
pressure measurements, was also used as the trans- 
ducer static-pressure reference. The static and un- 
steady pressure orifices were located on five chords. 
The chords are designated as chords A through E and 
are located at  33.7, 54.6, 59.0, 69.8, and 85.6 per- 
cent span. The 61 transducers on the upper surface 



were considered the primary instrumentation, and 
the orifice locations for steady and unsteady pres- 
sure measurements are given in tables I and 11. A 
smaller number of transducers on the lower surfaces 
of chords A and D were used to establish the geo- 
metric position for zero angle of attack relative to 
the tunnel airstream. The static orifices were ad- 
jacent to the unsteady transducer orifices, to mini- 
mize the static-pressure differential on the transduc- 
ers, and were connected to the reference tube of the 
transducer by 35 ft of 0.020-in. tubing to damp out 
unsteady pressures from the reference orifice. A "T" 
in the line connected the tube to a scanning valve for 
static-pressure measurements. 

The symmetry of the airfoil permitted the upper- 
surface transducers to be used to measure both up- 
per and lower steady and unsteady pressure distri- 
butions. The "lower-surface" pressure distributions 
were determined by measuring the pressure distribu- 
tion on the upper surface for the wing at  a nega- 
tive value of 6 that was equal to the positive value 
of 6 used to determine the upper-surface pressure 
distribution. The unsteady values of ACp were ob- 
tained by vector subtraction of the upper-surface 
measurement from the lower-surface measurement. 
The control-surface hinge moments were determined 
from the output of a strain-gage bridge mounted in 
the control-surface shaft. 

Unsteady Pressure Transducers 

Figure 5 shows the two types of ~n in ia turc  prcs- 
sure transducers and installations used. Flat pres- 
sure transducers, shown at  the top of the figure, 
were used to measure wing pressures, and cylindri- 
cal transducers were used to measure pressures on 
the control surface. Both types had a sensitivity 
of approximately 15 mV/psi for a supply voltage 
of 15 V. The temperature-compensation modules for 
each transducer were outside the wing in the plenum 
chamber of the tunnel. With nine exceptions, the 
flat transducers were mounted under a flat aluminum 
plate in individual cavities in the wing to maintain 
the contour of the wing. Nine of the transducers 
were mounted flush with the wing surface where the 
surface was too thin for cavity mounting. The cylin- 
drical control-surface transducers were mounted in 
a receptacle below a fitted access plate serving each 
row of transducers. 

The transducers were calibrated statically, before 
and during the test, by using the reference tube. 
However, because each transducer involved a cavity, 
it was considered.important to obtain a measure of 
the dynamic sensitivity of each gage when installed 
in the wing. Figure 6 shows an unsteady transducer 

calibrator, described in reference 11, which was con- 
structed to make static and dynamic in situ sensi- 
tivity measurements. The calibrator consists of hy- 
draulically driven bellows, which generate a reference 
unsteady pressure of variable frequency and ampli- 
tude. The unsteady pressure was applied via tubing 
to a calibration head which could be positioned man- 
ually over each wing pressure orifice. The calibration 
head contained a reference pressure transducer, and 
comparison of the reference and wing transducer sig- 
nals provided the dynamic calibrations. As described 
in reference 11, proper operation of the calibration 
apparatus was verified by using a flush-mounted pres- 
sure transducer on a calibration plate. Essentially 
identical unsteady pressures were observed between 
the calibration head and the flush-mounted trans- 
ducer. The dynamic sensitivities were measured at  
pressures of 0.5 to 2 psi and at  frequencies of 4 Hz to 
30 Hz. The results of the calibration measurement 
are shown in figure 7 in the form of the distribution 
of the ratio of static to dynamic sensitivities. All the 
transducers have pressure sensitivity ratios between 
0.95 and 1.06. The corrected dynamic sensitivities 
were used in the final compilation and plotting of 
the data. 

Test Procedures 
Static calibrations of the pressure transducers 

were made prior to and during the test by applying 
vacuum and positive pressures to the reference orifice 
tubes. 

A wind-on zero angle of attack of the wing was 
established prior to taking measurements. Prelimi- 
nary measurements at  transonic Mach numbers (0.88 
to 0.96) were made at  test Reynolds numbers over 
a range of angle of attack, and the pressures in the 
matching transducers on the upper and lower surface 
on chords A and D were compared. The angle-of- 
attack setting of ACp = 0 defined a = 0' at  6 = 0' 
for the remainder of the test. 

A preliminary survey was then made, varying 
Mach number and G,  to establish the Mach num- 
ber range for the initial occurrence of critical flow 
conditions and for the Mach number at  which the 
shock was located on the control surface. A standard 
sequence of steady and unsteady pressure measure- 
ments were taken at  each test-condition sequence. 
First, steady pressures were measured for the range 
of steady control-surface deflection 8 under investi- 
gation. Then, the unsteady pressures resulting from 
oscillations of the wing in pitch and of the control 
surface were measured at  several frequencies. With 
these tests completed, M or a was incremented, and 
the sequence was repeated. The nominal wing test 
frequencies were 4 Hz, 8 Hz, and 16 Hz for the wing 



in pitch (k E 0.08, 0.16, and 0.32) and 8 Hz, 16 Hz, 
and 22 Hz (k = 0.16, 0.32, and 0.44) for the control- 
surface oscillations. The tunnel parameters and wing 
steady and unsteady configurations were shown in 
the control-room digital display. However, the model 
was controlled using the model cod,rol console dig- 
ital display, which was independent of the facility 
computer. A software problem prevented computer 
recording of the static control-surface deflection, and 
the values used are those recorded from the control 
console display. Similar problems prevented mea- 
surement of the dynamic hinge moments. 

Data Acquisition and Reduction 
The data were acquired and processed using the 

TDT data acquisition system described in refer- 
ence 12. The filtered time histories of the signals 
from the system's 50 amplifiers were converted to 
digital output by sample-and-hold, analog-to-digital 
subsystems. To obtain the 120 channels of data re- 
quired for the test, the instrumentation'was divided 
into 3 blocks of 50 channels. Unsteady data for each 
block were obtained in sequence, and ten common 
channels were recorded with each block to provide 
correlation. The analog signals from the 50 amplifiers 
were sampled simultaneously at  the rate of approx- 
imately 940 samples per second per channel. Data- 
block switching, gains, and offsets were under com- 
puter program control. Depending on the frequency, 
10 to 30 seconds of data were recorded at  each data 
point. The number of samples analyzed per cycle was 
controlled by using nth-point sampling. Figures 8(a) 
and 8(b) are schematics of the data acquisition and 
reduction process used during the test. 

The steady data were converted to engineering 
units on-line, and the pressures were displayed as 
chordwise distributions at  the control-room com- 
puter console. The time required to  calculate the 
Fourier coefficients in the dynamic analysis for each 
channel precluded routine on-line analysis of the un- 
steady pressures. The Fourier coefficients were ob- 
tained from an array of 1000 digitized samples trun- 
cated to an integer number of periods of oscillation 
containing N samples. The mean value of the array 
was then subtracted from each value before comput- 
ing the coefficients. The relations used to resolve the 
amplitude and phase are 

Z 
an = - C XL cos(2nn f At) 

N (1) 
L= 1 

2 N 
b - - X L  s in(2m f At) 
n - ~  (2) 

L= 1 

where 

XL = Lth digital sample of channel X 

At = sample time increment 

f = frequency of surface oscillation 

The tabulated phase is the value of the phase at  
each transducer subtracted from the phase of the 
oscillating surface determined in equation (4). 

The coefficient of the pressure difference between 
the upper and lower surface ACp was obtained by 
the vector subtraction of the upper-surface pres- 
sure coefficients Cp,, from the lower-surface pressure 
coefficient C p , ~ .  

Results and Discussion 
The results are divided into two sets of data- 

steady and unsteady pressure distributions. These 
distributions are presented in tabular form in a sepa- 
rate microfiche and in cross plots of selected pressure 
distributions as a function of the primary variables. 
Each set begins with a comparison of experimental- 
and linear-theory results. 

The static and unsteady test conditions are given 
in tables I11 and IV, respectively. The left-hand 
column in each table gives the identifying code used 
to distinguish the data set. For example, 0.40- 
S-05 identifies the fifth static data point obtained 
at  M = 0.40 and 0.90-D-10 identifies the tenth 
unsteady data point at  M = 0.90. The computer 
data file is tabulated on the microfiche contained 
in this report. A sample data point for the wing 
oscillating in pitch is given in table V. As shown, 
each dynamic data point gives the tunnel conditions, 
mean angle of attack, oscillation amplitude, upper- 
and lower-surface pressures, and differential pressure 
at  each orifice in terms of magnitude and phase. 

Tables VI and VII are indexes of the steady and 
unsteady data figures. For the steady data, Cp,, and 
ACp are given for each chord. The unsteady data 
are presented in the plots only for chord D in the 
form of the coefficient of the normalized modulus of 
the pressures, ICp,, lldeg and IACpl/deg, and phase 
angle relative to the dynamic position of the wing or 
the control surface. The modulus of the lower-surface 
pressure coefficients ICp,el are not given in the cross 
plots, but they may be found in the tables on the 
microfiche. Occasionally, some data were lost in the 



digitizing process and could not be recovered. When 
Cp,, was lost, the whole data set, Cp,, and Cple, was 
deleted. When a Cp,e was lost, CPle is shown as a zero 
in the table at each orifice location. These points are 
indicated with an asterisk in the microfiche tables. 
Occasionally, an orifice is temporarily lost because of 
an electronic malfunction in which case the point is 
deleted from the cross-plot figure and is shown as an 
absolute zero in the microfiche tables. 

Steady Pressures 

The large sweep angle (50.40") and the sharp 
leading edge result in the formation of a leading- 
edge vortex which begins to affect the forwardmost 
pressure transducers at an angle of attack of approx- 
imately 3". (See appendix.) The presence of this 
vortex obscures the comparison with linear theory, 
especially on the outboard chords. The first com- 
parisons, for chord D, are made with linear-theory 
results calculated using the RHOIV code (ref. 8) in 
figures 9 and 10. Figure 9 shows ACp on chord D for 
6 = 3" at  M = 0.40, 0.88, and 0.90. For these Mach 
numbers, the experimental ACp is greater at  the 
leading edge (xlc = 0.0675) because of the leading- 
edge vortex. However, at  M = 0.40, the experi- 
mental and calculated ACp are in good agreement 
from x/c = 0.125 to the trailing edge. As the Mach 
number is increased to 0.88, transonic aerodynamic 
effects are apparent, as evidenced by the usual in- 
crease in boundary-layer thickness on the aft por- 
tion of the wing, and the formation of the shock 
wave is evident at M = 0.90. Here and in suc- 
ceeding figures, a decrease in ACp in the neigh- 
borhood of x/c = 0.2 indicates the rear edge of 

I 

the vortex separation bubble. Comparisons as a 
function of angle of attack are also made in the 
appendix between experimental data and SOUSSA 
calculations (ref. 9) for two positions in chord E 
(x/c = 0.21 and 0.26) at  M = 0.40. These compar- 
isons show the range of applicability of linear theory 
in the presence of a developing vortex at  these two 
locations. 

Figure 10 shows similar comparisons with mea- 
sured data for 6 = 6" and 6 = 0.05" at  M = 0.40, 
0.88, and 0.90. Again, the agreement between linear 
theory and experiment is good at  M = 0.40. The 
transonic effects at  M = 0.88 and 0.90 are evidenced 
by the decreasing value of ACp when compared with 
linear analysis. Note the difference between the ex- 
perimental and calculated pressure peaks near the 
hinge line for M = 0.90, where the experimental 
pressure peak is broader and lower than that pre- 
dicted by linear theory. The following experimental 
results demonstrate that the pressure distribution in 

the region of the hinge line may be severely altered 
by shock position. 

A second set of comparisons is shown between ex- 
perimental data and the transonic small-disturbance 
code of reference 7. These comparisons are from 
a more complete set in reference 13. This code 
has options for a viscous boundary layer and the 
Murman bump, an empirical method for model- 
ing the shock boundary-layer interaction. The 
boundary-layer and bump options gave essentially 
the same pressure distributions and shock loca- 
tion. The inviscid option, which was used in 
the calculations that follow, gave the best com- 
parison with experiment, in that the shock lo- 
cation was farther aft and in better agreement 
with experiment. The calculated pressure dis- 
tributions for the deflected control surface were 
made by dividing the wing into three spanwise 
panels and changing the local airfoil coordinates 
at  the control-surface location for each deflection 
angle. 

Figure 11 shows the upper-surface pressure distri- 
bution from the small-disturbance code for the wing 
at  M = 0.92 for 6 = 2" and 8 = 0'. The changes 
in the chordwise pressure distribution with span are 
evident and are seen in the steady and unsteady re- 
sults which follow. The experimental and calculated 
variation of ACp with 6 for M = 0.90 and 8 = 0' is 
shown in figure 12. There is good overall agreement 
between experiment and analysis up to Ci = 3", where 
the formation of the leading-edge vortex becomes ev- 
ident. The location of the shock wave is reasonably 
predicted by analysis up to 6 = 4". 

Figure 13 shows a similar comparison of experi- 
mental and calculated ACp pressure distributions for 
8 = f 2" or f 6 " ,  6 = 2", and M = 0.90. Because 
of the lack of resolution of the pressure distributions 
caused by the finite spacing of the transducers, only 
a limited comparison of the experimental and cal- 
culated results can be made. However, it appears 
that the calculated results have larger pressures than 
those measured in the neighborhood of 80-percent 
chord; these larger pressures result in larger values 
of ACp for the inboard chords. The pressure distri- 
butions on chord E are in surprisingly good general 
agreement, except that the calculated shock position 
for 8 = 6" is farther aft than was measured. 

Pitch deflection. Figures 14 through 19 give 
experimental Cp,, distributions for the five span 
stations for variations in M and a. The variation of 
Cp,, with Mach number at  a nominal value of Ci = 0 
is shown in figure 14. Transonic compressibility 
effects are apparent in the increase in negative Cp,u 
distribution from M = 0.40 to M = 0.88. The effects 



of compressibility, as evidenced by the increasing 
pressure gradient at  the shock, increase from chord A 
to chord E. 

In figures 15 through 19, the variation of Cp+ 
with 6 is presented for M = 0.40, 0.88, 0.90, 0.92, 
and 0.94. The leading-edge vortex, apparent in the 
large values of negative Cp,,  at the leading edge, is 
first visible on chord D at  x /c  = 0.0675 for 6 < 3'. 
The vortex strength grows as 6 increases (fig. 15) and 
encompasses 70 percent of chord E at  6 = 5.5O. At 
M = 0.88 (fig. lG), the evolution of the vortex is more 
uniform than at  M = 0.40, in that the development 
is more uniform with increasing 6. Aft of 70-percent 
chord, the pressure distribution is independent of 6. 
The pressure distribution on chord E is significantly 
different than the inboard chords at  higher angles 
of attack, because the vortex suction operates over 
a greater fraction of the chord. As Mach number 
was increased from 0.88 to 0.94 (figs. 16 through 19), 
the primary changes were the formation of the shock 
wave and an associated increase in pressure gradient 
as the shock wave increased in strength and moved 
rearward. For the range of Mach number and angle 
of attack shown in these figures, shock position is 
primarily a function of Mach number. Both Cp+ 
and ACp are shown for M = 0.94 in figures 19(a) 
and 19(b). The distribution of ACp at  M = 0.94 
shows the influence of the vortex increasing with span 
until, at  a = 4.5', 70 percent of chord E is subject 
to vortex suction. With the exception of the area 
under the leading-edge vortex, the increase in lifting 
pressure is linear as 6 increases to 4'. 

Control-surface deflection. The control-surface 
data are examined in two groups. The primary vari- 
able in the first group (figs. 20 and 21) is Mach num- 
ber, and the pressures are shown as CplU and ACp 
distributions. The primary variable for the second 
group (figs. 22 and 23) is control-surface deflection 6, 
and the pressure data are presented as ACp distri- 
butions. The influence of the static control-surface 
deflection on the wing pressure increases with in- 
creasing span and is most apparent in the ACp dis- 
tributions. The loss of the control-surface influence 
on the wing pressure distribution is conspicuous at  
the higher Mach numbers as the shock wave becomes 
stronger and moves towards the trailing edge of the 
wing. 

The steady pressure distributions, Cp,,  and ACp, 
as a function of Mach number for 6 = f Go and O0 at  
Li = lo are given in figure 20 and for 6 = 3' in fig- 
ure 21. The Mach numbers are 0.88, 0.90, 0.92, and 
0.94. The effect of Mach number for a positive deflec- 
tion of Go on the upper-surface pressure distribution 
is greatest on chord E near the tip in figure 20(a). 
When figure 20(a) (8 = 6') is compared with the 

results in figure 20(b) (8 = 0°), it is apparent that 
the effect of positive deflection on the upper-surface 
pressure is to increase the shock strength at  the lower 
Mach numbers ( M  = 0.88 and 0.90). In comparison, 
decreasing 8 to -6O, (fig. 20(c)) has the opposite ef- 
fect of decreasing the shock strength at  the lower 
Mach numbers. When the same parameters are ex- 
amined for the ACp distribution, the magnitude of 
the pressure peaks at  the hinge line increases with in- 
creasing Mach number (figs. 20(d), 20(e), and 20(f)) 
for 6 = 6' and -6' from 0.88 to 0.92. At M = 0.94, 
the magnitude of the peaks decreases at  the hinge 
line as the shock wave moves aft. 

The sequence of pressure distributions in figure 20 
is repeated in figure 21 with 6 = 3O. The comments 
in the preceding paragraph for the case of 6 = lo in 
figure 20 also apply to the 15 = 3' data of figure 21, 
except that the shock wave has moved farther aft, 
and the effect of Mach number on the pressure dis- 
tribution is most noticeable on chord E. The presence 
of the vortex is apparent on chords C and Dl and the 
suction pressure is essentially independent of Mach 
number over the range from 0.88 to 0.94. 

The steady pressure distributions ACp as affected 
by positive and negative control-surface deflections of 
0°, 2O, 4O, and 6' are compared in figures 22 and 23 
for 6 = 3'. As in previous results, the influence of 
the control-surface deflection increases from root to 
tip. 

At M = 0.88, the changes in the pressure dis- 
tribution are linear, with incremental changes in 
control-surface deflection for positive and negative 
control deflections (figs. 22(a) and 23(a)). As Mach 
number is increased to 0.94, the change in pressure 
with control-surface deflection becomes erratic as the 
shock wave interacts with the pressure peak at  the 
control-surface hinge line. At M = 0.94 (figs. 22(d) 
and 23(d)), the change in ACp with 6 over the sur- 
face is minimal on the inboard chords A and B and 
is only apparent on the last 25 percent of chords D 
and E. 

Static hinge moments. Control-surface static 
hinge moments as a function of 8 and 6 at  Mach 
numbers from 0.88 to 0.94 are given in terms of 
hinge-moment coefficient Ch in figure 24. The hinge- 
moment coefficient is positive for the moment forc- 
ing the trailing edge down. The variation of hinge 
moment with deflection displays the usual nonlin- 
ear response, with dCh/db increasing as 8 increases. 
As Mach number is increased from 0.88 to 0.94, the 
shock wave moves aft, and the hinge moment in- 
creases by a factor of two. 

The data at  M = 0.88 (fig. 24(a)) have a zero off- 
set that is not apparent at  the other Mach numbers. 
With the exception of the M = 0.90 data (fig. 24(b)), 



the hinge moments follow a trend of increasing Ch 
with increasing 6 for negative 6. For positive values 
of 6,  the maximum value of Ch occurred at  6 = 0'. 

Oscillating Pressures 

Unsteady pressures due to wing oscillation in 
pitch were measured at  nominal pitching amplitudes 
of 0.25' and 0.50' and at  frequencies of 4 Hz, 8 Hz, 
and 16 Hz (k x 0.08, 0.16, and 0.32). Unsteady 
pressures due to control-surface oscillation were mea- 
sured at  nominal peak amplitudes of 2', 4', and 6' 
at  frequencies of 8 Hz, 16 Hz, and 22 Hz (k x 0.16, 
0.32, and 0.44). The oscillating pressures are given 
in terms of modulus, normalized by amplitude in 
degrees, and phase. The comparisons to be shown 
are restricted, because of the volume of data, to 
chord D, which contains the control surface. (The 
data for the other chords are included in the micro- 
fiche.) The spanwise variation of unsteady pressures 
is similar to that of steady pressures, in that incre- 
mental changes in 6 and 6 generate larger pressure 
changes on the outboard chords. The three mecha- 
nisms that were predominant in the static-pressure 
distribution-vortex, shock, and hinge-line pressure 
peak-are, of course, evident in the unsteady data, 
and comparisons between the steady and unsteady 
pressure signatures are made in the sections which 
follow. The oscillating pressure results are grouped 
according to the type of oscillation. The discussion 
of each group is initiated by comparisons with linear 
theory. 

The phase angles from the data analysis are in 
the range of -180' to 180°, which results in discon- 
tinuous jumps in phase angle over the length of the 
chord. To get a smooth distribution of phase angle 
360°, and occasionally 720°, was subtracted from the 
angle at  the phase jump. 

Wing oscillation in pitch. Comparisons of ex- 
perimental ICp,,l and phase with linear-theory cal- 
culations (ref. 8, the same code used for the steady 
pressure comparisons of figs. 9 and 10) are given in 
figures 25 through 27. Figure 25 is for a Mach num- 
ber of 0.40 ( M  = 0.40 comparisons are also made in 
ref. 14) at  frequencies of 4 Hz, 8 Hz, and 16 Hz. The 
comparison is fair for all frequencies except 16 Hz 
(fig. 25(c)) near the leading edge. As the frequency is 
increased from 4 Hz to 16 Hz, the phase of the loading 
at the trailing edge approaches 0' (fig. 25(c)). This 
phase delay increases from -100' forward along the 
chord to a value of -200' at  the leading edge. 

When Mach number is increased to 0.885 (fig. 26), 
transonic effects are apparent. The results at  f = 
8 Hz show an increase in experiment over linear the- 
ory for ICp,,l between x/c = 0.2 and 0.7, as does 

the static distribution in figures 9 and 14. This in- 
crease in ICp,,l is preliminary to the formation of 
a distinct shock wave. The experimental phase an- 
gle at  the trailing edge is -50°, compared with the 
linear-theory angle of -125'. The two sets of phase 
angles become coincident at  x/c = 0.6. The fi- 
nal comparison is made at  M = 0.90 (fig. 27) for 
frequencies of 8 Hz and 16 Hz at  ii = 0' and 
a = 0.46'. The increase in Mach number from 
0.885 to 0.90 results in the formation of a strong 
shock wave in which the lCp,ul and phase distribu- 
tions are dependent on frequency. At f = 8 Hz 
(fig. 27(a)), the increased level of ICp,,l is similar to 
that in figure 26, with the addition of a shock wave 
at  x/c = 0.65. The experimental and linear-theory 
phase angles are in reasonable agreement from the 
leading edge to 65-percent chord. At this point, the 
experimental phase angle decreases rapidly through 
the shock, and, at  95-percent chord, the difference 
between experiment and linear theory is approxi- 
mately 150'. When the frequency is increased to 
16 Hz at  the same tunnel conditions (fig. 27(b)), 
there are substantial changes in the pressure and 
phase distribution. The details of the phase distri- 
bution are significantly altered over the aft half of 
the chord. The levels of ICp,ul are now closer to lin- 
ear theory from the leading edge to the shock wave. 
The shock wave has moved aft to approximately 70- 
percent chord and has become stronger. The experi- 
mental phase angle deviates from linear theory from 
45-percent chord to 95-percent chord with a large 
change through the shock. The change in lCp,ul and 
phase in this narrow Mach number region 0.885 to 
0.90 (figs. 26 and 27) was the most abrupt in the 
transonic range. 

Figures 28 through 33 give experimental results 
for chord D in terms of pressure moduli ICp,,l/deg 
and lACpl/deg and the associated phase angles. In 
these figures, the control-surface deflection 8 is main- 
tained a t  0' and 6, a, M ,  and f are varied. The 
symbols are replaced with coded straight lines con- 
nected to the data points in these figures to reduce 
the clutter which occurs when multiple variations are 
shown in the same figure. 

Figures 28(a) and 28(b) give results for M = 0.40. 
Figure 28(a) is for f = 4 Hz at 6 = 0' and 3'. 
The leading-edge suction due to the vortex is evident 
at  6 = 3'. The influence of the vortex in phase 
is local and is confined to the region of the vortex. 
Figure 28(b) presents the effects of frequency, (4 Hz, 
8 Hz, and 16 Hz) at  6 = 3'. The dynamic response 
increases with frequency, especially from 8 Hz to 
16 Hz. 

Data for M = 0.90 are shown in figures 29 and 
30. The dynamic response as a function of ii is shown 



for f = 4 Hz and 16 Hz in figures 29(a) and 29(b). 
The difference in the two sets of data again indicates 
a large increase in response due to vortex and shock 
mechanisms as the frequency is increased from 4 Hz 
to 16 Hz. There is some change in the dynamic re- 
sponse due to the shock wave with i, but this change 
is clearly secondary to the0effects of frequency. The 
phase shift through the shock of 180' is more abrupt 
at  4 Hz than at  16 Hz. Figure 30 shows the un- 
steady pressure and phase distribution for 4 Hz, 8 Hz, 
and 16 Hz at  M = 0.90 and a = 3'. The pressure 
amplitudes increase with frequency, and the greatest 
increase occurs from 8 Hz to 16 Hz. The increas- 
ing unsteady pressure amplitude associated with the 
shock wave with increasing frequency (figs. 27, 29, 
and 30) suggests a resonance condition. Because 
of the limitations imposed by the first natural fre- 
quency of the model, it was not possible to define a 
resonance-condition possibility at  higher frequencies. 
The effects of amplitude are examined in figure 31 for 
a = 3' and f = 8 Hz. Over the range of o = 0.25' 
to 0.50°, the effects of dynamic pitch angle on the 
pressure distribution on a per-degree basis are not 
large but are greater for the smaller angle. 

Figure 32 is a comparison of the unsteady re- 
sponses at  6 = 3' of 3 Mach numbers (0.40, 0.88, 
0.90) a t  frequencies of 4 Hz and 16 Hz. The pressure- 
magnitude data at  4 Hz (fig. 32(a)) indicate that, at  
this frequency, a shock is apparent only at  M = 0.90, 
but examination of the phase distribution indicates 
the presence of a shock at  M = 0.88. The vor- 
tex suction is approximately three times greater at  
M = 0.90 than that at  0.40. There is a loss of 
signal at  the leading edge at  M = 0.88. When 
the frequency is increased to 16 Hz (fig. 32(b)), the 
presence of a shock at  M = 0.88 is now evident in 
the pressure-magnitude distribution and in the phase 
distribution. 

Figure 33 shows the pressure moduli, ICp,ul/deg 
and lAG',l/deg, and phase on all 5 chords over the 
Mach number range from 0.40 to 0.94 for a pitch- 
oscillation frequency of 16 Hz and 6 = 3'. This 
figure illustrates the spanwise variation in pressure 
and phase and indicates the distribution of pressure 
modulus and phase on chord D relative to the other 
four chords. The change in modulus at  the transonic 
Mach numbers increases with increasing span posi- 
tion. The phase-angle distribution is similar on all 
five chords. 

Control-surface oscillation. This section gives 
some representative unsteady pressures on chord D 
that result from control-surface oscillation. The 
effect of the interaction of the shock and the pressure 
peak at  the control-surface hinge line is illustrated. 

Comparisons of experimental upper-surface pressure 
with linear theory are shown in figures 34 through 
36. 

Figures 34(a) and 34(b) compare the experimen- 
tal and linear-theory (ref. 10) results at  M = 0.40 
and at  6 = 0.05' for oscillating frequencies of 8 Hz 
and 16 Hz. The comparison is good in both cases, ex- 
cept at  the leading edge and at  the hinge line. Near 
the hinge line, the theory characteristically overpre- 
dicts the pressure amplitude, and the phase angle 
is greater a t  the leading edge. At M = 0.879, 
S = 5.8g0, 6 = 0.05', and f = 7.8 Hz (fig. 35), 
the peak pressure is again overpredicted, and the ex- 
perimental phase shift increases at  a faster rate from 
trailing edge to leading edge than the linear-theory 
phase angle. There is no indication of a strong shock- 
wave. When the Mach number is increased to 0.899 
at  S = 1.98' and 6 = 0.05' (fig. 36), the change in 
the pressure distribution ahead of the pressure peak 
is similar to that in figure 26 at  M = 0.885. The 
presence of the shock is readily observed in the phase- 
angle distribution, where there is an abrupt change 
in phase ahead of the hinge line. The experimental 
pressure distribution is now dominated by the shock 
wave ahead of the hinge line, and the experimental 
peak pressure is at  70-percent chord. An increase 
in the control-surface deflection from 1.98' to 3.48' 
(fig. 36(b)), at  the same frequency (7.8 Hz), results in 
a substantial change in both the experimental pres- 
sure and phase distributions. The experimental re- 
sults shown in the comparisons with linear theory in 
figures 36(a) through 36(c) indicate that increasing 
the control-surface amplitude 6 increases the shock 
strength and decreases unsteady pressure over the 
chord. Behind the shock, the results are consistent 
with shock-induced separation. When S is increased 
from 1.98' to 3.48' (figs. 36(a) and 36(b)), there is a 
large decrease in the unsteady pressure over the con- 
trol surface. A further increase to 5.90' (fig. 36(c)) 
results in an additional decrease in oscillatory pres- 
sure on the control surface. Ahead of the shock, the 
signal is reduced by the diminished oscillating pres- 
sure generated by the control-surface deflection and 
by the increasing resistance to upstream propagation 
of the signal by increased shock strength. 

The data in the preceding figures are intended to 
illustrate the sensitivity of the pressure distribution 
to control-surface deflection S and Mach number near 
and above the critical Mach number. Although the 
finite spacing of the transducers nullifies any attempt 

to be precise in comparison of amplitudes at  the 
hinge line, it is evident that a shock wave ahead of 
the control surface significantly affects the pressure 
distribution generated by control-surface deflection. 
Also, because of the complex interaction with the 



shock, the effectiveness of the control surface is not 
necessarily increased with increased 6. 

Figures 37 and 38 compare the unsteady pres- 
sures due to control-surface deflection at  Mach num- 
bers from 0.88 to 0.94 for 6 = 6". The pressure 
distributions at  f = 8 Hz and 22 Hz for & = lo are 
shown in figures 37(a) and 37(b), respectively. At 
both frequencies, the unsteady pressure, ICp,,l/deg 
and lACpl/deg, peaks at  M = 0.92 and then de- 
creases at  M = 0.94. An increase in 6 to 3' at  
f = 8 Hz and M = 0.94 results in a reduction in the 
unsteady pressure, ICp,,l/deg, as indicated by the 
comparison of the results in figure 38 with those of 
figure 37(a). 

Tbe effects of frequency are examined in figure 39 
for 15 = 3' and S = 6' at  M = 0.90, 0.92, and 
0.04. The pressure magnitude, ICp,,l/deg, shows the 
largest change in peak amplitude with Mach number. 
At M = 0.90, the shock appears to be ahead of the 
hinge line. When Mach number is increased to 0.92 
(fig. 38(b)), the shock moves to the hinge line, and 
there is an increase in unsteady pressure. A further 
increase in Mach number to 0.94 results in a large 
decrease in unsteady pressure modulus as the shock 
moves onto the control surface. 

The effects of amplitude 6 at  M = 0.90, 0.92, and 
0.94 are shown in figure 40 for 5 = 3' and f = 16 Hz. 
At M = 0.90 (fig. 40(a)), there are differences in 
pressure modulus due to control-surface amplitude 
at  M = 0.90 which do not exist at  M = 0.92 and 
0.94 (figs. 40(b) and 40(c)). The major influences 
are Mach number and shock position, rather than 
amplitude of motion. 

The final figure in this series (fig. 41) gives the 
unsteady pressure distribution on all five chords at  
CY = 3' and M = 0.90. The figure shows chord- 
wise distribution for nominal control-surface deflec- 
tions of 2.2', 4.3', and 6.6' at  frequencies of 8 Hz 
and 22 Hz. As anticipated, the change in chordwise 
pressure distribution with span station is more pro- 
nounced for control-surface oscillation than for the 
pitch-oscillation results in figure 32. The difference 
between the amplitudes on chord B and chord E in- 
dicates that the alteration in the flow generated by 
the control surface on chord D propagates more read- 
ily in the outboard direction. The phase difference 
4(ACp) as a function of span is greater at  an oscilla- 
tion frequency of 22 Hz, where the phase angle varies 
from 720' at  the leading edge of chord A to less than 
500' at  chord E. 

Concluding Remarks 
Static and oscillatory pressure distributions were 

measured on a biconvex clipped delta wing at  a 
Reynolds number of approximately 10 x lo6 based 

on mean chord. Most of the measurements were 
made over a Mach number range from 0.88 to 0.94. 
Static and mean pitch angle varied from 0' to 5.5', 
and control-surface deflections varied from -6" to 6'. 
The pitch-oscillation data were measured at 4 Hz, 
8 Hz, and 16 Hz at  amplitudes of f 0.25' and f0.5'. 
The oscillating control-surface data were measured 
at  8 Hz, 16 Hz, and 22 Hz a t  amplitudes of &2', 
f4' ,  and f6'.  

The interaction of wing or control-surface deflec- 
tion with the formation of shock waves and a leading- 
edge vortex generated complex pressure distributions 
that were sensitive to small changes in Mach number 
and frequency. 

A leading-edge vortex became evident in the 
present data at  a pitch angle of less than 3'. Static 
pressures were nearly independent of pitch angle be- 
hind the shock and varied linearly with pitch angles 
up to 4' between the point of vortex reattachment 
and the shock. The pressure varied smoothly in the 
spanwise direction and increased from root to tip. 

The static-pressure distribution caused by 
control-surface deflection varied with shock strength, 
shock position, and control-surface deflection. The 
resultant local pressure differential coefficient ACp 
appears to vary systematically until the pitch angle 
is increased at  Mach 0.90, where the shock strength, 
as evidenced by the pressure gradient, and shock po- 
sition affect the linearity of the system. As the Mach 
number increases to 0.92, the shock moves to the 
hinge line, where there is a sharp rise in ACp. Fur- 
ther rearward movement of the shock (Mach 0.94) re- 
sults in positive and negative ACp peaks. The span- 
wise propagation of pressure due to control-surface 
deflection was greatest in the direction of the wing 
tip and was negligible at  the inboard chord. 

Experimental static-pressure measurements at  
Mach 0.90 and calculations with a transonic small- 
disturbance code show good agreement for angles of 
attack up to 3'. At 4' angle of attack, the calculated 
shock position is farther aft than the experimental re- 
sults. The leading-edge vortex prevents a meaning- 
ful comparison at  the leading edge for higher angles 
of attack. The spacing of the control-surface static 
orifices precludes a detailed comparison of pressure 
loading due to control-surface deflection, but the cal- 
culated values of ACp appear to be larger for all 
but the outboard chord. Steady and unsteady pres- 
sure comparisons were also made with linear the- 
ory which were especially instructive near the critical 
Mach number before the formation of a defined shock 
wave. At Mach 0.40, there was generally good agree- 
ment between measured and linear-theory results. 

The moduli of the oscillating pressures, ICp,,I/deg 
and lACpl/deg, show the same trends as the 



static-pressure distributions. The largest pressure 
moduli due to oscillation in pitch were generated by 
the leading-edge vortex and shock motion. The pres- 
sure modulus at  the shock wave increased as the fre- 
quency increased from 4 Hz to 16 Hz. There were 
changes in the modulus caused by mean angle of at- 
tack, but they were secondary to those caused by 
frequency. The modulus was dependent on span po- 
sition and increased from inboard to outboard. 

The unsteady pressures generated by the oscillat- 
ing control surface are primarily a function of the 
position of the static shock wave. As the shock wave 
moves aft with increasing Mach number, the pres- 

! 
I 

sure modulus increases until the shock wave is on.' 
the hinge line. As the shock moves farther aft onto 
the control surface, the effect of the control-surface 
oscillation on the wing pressure modulus decreases 
rapidly. The pressure modulus outboard of the con- 
trol surface was significantly more affected by the 
control-surface oscillation than inboard of the con- 
trol surface. 

NASA Langley Research Center 
Hampton, VA 23665-5225 
July 1, 1986 



Appendix points. The pressure variation is linear with angle 
of attack and is in very good agreement with val- 

Effect of Vortex Flow on Steady-State ues calculated by the SOUSSA surface-panel method. 
Pressures (See refs. 9 and 15.) Second, as angle of attack de- 

E. Carson Yates, Jr. 
creases from -2O, the vortex on the lower surface 

NASA Langley Research Center becomes stronger and induces flow from the upper 
Hampton, Virginia surface around the leading edge. Pressures at  the 

On a sharp-edged, untwisted, uncambered wing 
with a moderately to highly swept leading edge, such 
as the wing of this study, vortex-like flow separation 
from the leading edge occurs as soon as the angle 
of attack is changed from 0'. As angle of attack is 
increased, the vortex increases in size and strength, 
and its development and influence can be traced in 
the measured surface pressures. Figure A1 shows 
upper-surface pressure coefficient as a function of 
angle of attack for two points on the upper surface of 
the clipped delta wing at  Mach 0.40. Pressures are 
shown for points at  the 85-percent semispan station 
at 21 percent and 26 percent of the local chord. Five 
distinct regions of pressure variation are evident, and 
each is characterized by the effect of the leading- 
edge-separation vortex as shown schematically at  the 
bottom of the figure. These sketches do not represent 
two-dimensional flow, but they may be considered 
as sections normal to the leading edge and passing 
through the pressure-measuring point represented by 
the "blip" on the upper surfaces. Thus, the flow 

measuring points (x/c = 0.21 and 0.26) are reduced 
slightly from values they would assume in the ab- 
sence of the vortex, and the Cp curve deviates upward 
from the straight line. Third, as angle of attack in- 
creases from 2' to about 3.5' for the forward point 
(x/c = 0.21), the vortex on the upper surface be- 
comes larger, and the reattachment line approaches 
the measuring points. The approach of this relatively 
high-pressure region causes the surface pressure to 
actually increase slightly, even though angle of attack 
is increasing. Fourth, as the reattachment line moves 
downstream from the points (a > 3.5'), the separa- 
tion vortex itself is becoming larger and stronger and 
is approaching the points. The combination of re- 
ceding high pressure and approaching very low pres- 
sure under the vortex causes the measured pressure 
to decrease rapidly with increasing angle of attack. 
Fifth, as the vortex passes over the point (a = 6' 
for x/c = 0.21), surface pressure reaches a minimum 
and increases again with increasing angle of attack 
as the vortex moves farther downstream. 

- 
reattachment line, where the flow impinges on the For x/c = 0.26, the same behavior is observed 
surface downstream of the vortex, is not a stagnation but is delayed to slightly higher angle of attack. The 
line but is the location of maximum pressure. same behavior is also observed for points farther 

The five regions of pressure variation are charac- inboard and closer to the leading edge. Similar 
terized as follows. First, in the range -2' < 6 < 2O, variations of pressure are evident in cross plots of 
the vortex is weak and small, and there is no evi- the data given in reference 16 for an arrow-wing 
dence of vortex effect at  the two pressure-measuring supersonic-cruise configuration. 



Figure A l .  Steady pressures as a function of angle of attack for two orifice locations on chord E at  M = 0.40 
and R = 2 x lo6. 
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TABLE I. STEADY ORIFICE LOCATIONS FOR UPPER SURFACE 

Chord . . . . . 
y / S  . . . . . .  
y, in. . . . . . . 
C, in. . . . . . . 

Orifice number 
1 
2 
3 
4 
5 
6 
7 
8 
9 

10 
11 
12 
13 
14 
15 
16 

A 
0.332 
14.99 
45.42 

0.0778 
.I264 
.2020 
.2523 
.3023 
.3519 
.4510 
.5523 
.6025 
.6515 
.6991 
.7813 
A505 
.go01 
.9596 

B 
0.541 
24.39 
34.05 

0.0687 
.I282 
.2529 
.3041 
.3531 
.4530 
.5036 
.5534 
.6040 
.6528 
.7030 
.7694 
A967 
.9512 

C 
0.587 
26.45 
31.55 

X/C 
0.0818 
.I318 
.2099 
.7875 
3522 
.go17 
.9514 

D 
0.694 
31.27 
25.73 

0.0675 
.I151 
.I980 
.2559 
.3041 
.3545 
.4537 
.5025 
.5527 
.6038 
.6538 
.7025 
.7754 
3553 
.go37 
.9526 

E 
0.851 
38.38 
17.13 

0.2070 
.2559 
.3016 
.3537 
.4583 
.5562 
.6074 
.6577 
.7071 
.7975 



TABLE 11. UNSTEADY ORIFICE LOCATIONS FOR UPPER SURFACE 

Chord . . . . . 
y / S  . . . . . .  
y ,  in. . . . . . . 
C, in. . . . . . . 

Orifice number 
1 
2 
3 
4 
5 
6 
7 
8 
9 

10 
11 
12 
13 
14 
15 
16 

A 
0.337 
15.19 
45.17 

0.0731 
.I120 
.I974 
.2478 
.2987 
.3486 
.4477 
.5506 
.6009 
.6459 
.6979 
.7805 
.8500 
.8996 
.9495 

E 
0.856 
38.57 
16.90 

B 
0.546 
24.59 
33.81 

0.0681 
.I217 
.2485 
.3004 
.348 1 
.4487 
.4997 
.5500 
.6014 
.6494 
.6995 
.7747 
.8964 

C 
0.590 
26.60 
31.38 

D 
0.698 
31.48 
25.47 

X / C  

0.0767 
.I271 
.I993 
.7802 
.8514 
.go16 
.9511 

0.0754 
.I237 
.I980 
.2502 
.3001 
.3476 
.4495 
.4974 
.5484 
.6007 
.6514 
.7000 
.7795 
.8547 
.go33 
.9522 

0.1955 
.2458 
.2915 
.3454 
.4519 
.5497 
.6025 
.6545 
.7040 
.7808 



TABLE 111. STATIC PRESSURE TEST CONDITIONS 

- 
4 9 To 9 a, 8, 

code1 M psf R deg deg 

'codes are de f i ned  i n  sec t i on  "Resul ts  and D iscuss ion  ." 



TABLE I I I. Continued 

'codes a re  de f i ned  i n  sec t i on  "Resul ts  and Discussion."  



TABLE 111. Continued 

- 
a, s', 
deg deg 

'codes a re  def ined i n  sec t i on  "Resul ts  and Discussion." 



TABLE I I I . Cont i nued 

'codes are de f i ned  i n  sec t i on  "Resul ts  and Discussion."  



TABLE 111. Continued 

- 
4 9 '-0 9 Pt9 a 9 

M psf R psf deg deg 
89 

a re  de f i ned  i n  sec t i on  "Resul ts  and Discussion."  



TABLE I1 I. Concl uded 

- 
9 9 To 9 Pt9 a Y 8 9 

code1 M psf R psf deg deg R 

M = 1.12 
- 

9 9 To 9 p t y  a, s', 
code1 M psf R p s f  deg deg R 

1.12-S-1 1.120 230.4 572.5 641.3 0.00 0 9.68~ 10 6 

1.12-S-2 1.120 230.6 532.7 642.2 0.00 2 9.59 
1.12-S-3 1.120 231.1 575.9 642.5 0.00 4 9.61 
1.12-S-4 1.120 230.6 575.4 641.5 0.00 6 9.61 
1.12-S-5 1.120 230.9 570.5 641.5 .50 0 9.66 
1.12-S-6 1.120 231.7 573.2 643.0 .99 0 9.70 

'codes are de f  i ned i n  sec t i on  "Resul ts  and D i  scuss i  on." 



TABLE I V .  UNSTEADY PRESSURE TEST CONDITIONS 

- 
q 9 To 9 Pt' a 9  a 9  6 9 f 9 

code1 M p s f  R psf deg deg deg R Hz k 

'codes a re  de f  i ned i n  sec t i on  "Results and D i  scuss i  on." 



TABLE I V .  Continued 

T P t  ' - 
4 3 0, a a, 6 9 f 9 

code1 M psf R p s f  deg deg deg R Hz k 

.877 

.885 

.885 

.884 

.885 

.876 

.878 

.880 

.878 

.879 

.880 

.883 

.877 

.882 

.880 

.882 

.880 

.884 

.884 

.881 

.879 

.886 

.883 

.879 

.883 

.885 

.884 

.887 

.884 

.883 

.879 

.879 

.878 

.879 

.880 

.884 

.881 

.879 

.881 

.882 

.877 

.883 
. .880 
.883 
.885 
.881 
.879 
.883 

s a re  dt 

556.5 641.9 .05 .24 
555.6 643.3 .05 .24 
555.5 642.1 .05 .24 
556.1 644.9 .05 .51 
556.6 644.0 .05 .48 
560.9 648.6 1.00 .25 
560.8 648.2 1.03 .24 
559.6 648.4 1.03 .23 
561.0 648.8 1.03 .46 
560.7 649.3 1.03 .48 
559.3 648.8 1.03 .47 
560.4 653.2 2.01 .24 
561.9 651.3 2.01 .23 
562.6 654.9 2.01 .46 
561.9 652.5 2.01 .48 
561.8 653.5 2.01 .46 
562.2 656.3 3.04 .26 
561.2 656.4 3.04 .23 
563.5 658.0 3.04 .23 
563.1 656.3 3.04 .51 
563.6 655.8 3.04 .48 
561.1 658.8 3.04 .47 
562.9 657.7 4.03 .24 
563.4 657.4 4.04 .23 
562.4 657.5 4.03 .24 
563.2 659.8 4.03 .49 
563.3 659.0 4.03 .48 
563.2 656.5 4.03 .47 
552.3 638.2 .05 0.00 
552.9 638.0 .05 0.00 
553.3 636.8 .05 0.00 
552.0 639.0 .05 0.00 
554.5 638.1 .05 0.00 
554.4 638.3 .05 0.00 
552.4 639.2 .05 0.00 
554.7 640.4 .05 0.00 
553.7 640.5 .05 0.00 
559.5 646.7 1.03 0.00 
559.7 646.9 1.03 0.00 
559.2 647.6 1.03 0.00 
558.0 646.7 1.03 0.00 
559.7 648.7 1.03 0.00 
559.2 647.3 1.03 0.00 
559.1 649.4 1.03 0.00 
559.4 649.6 1.03 0.00 
560.4 648.0 1.03 0.00 
561.6 650.5 2.02 0.00 
561.5 651.3 2.02 0.00 

i n  sec t i on  "Results and Discus 



TABLE IV. Continued 

T 
4 Y 0, Pty a a, 6, f , 

code1 M p s f  p s f  ps f  deg deg deg R Hz k 

6 0.88-D-50 -881 186.5 561.9 651.4 2.02 0.00 1.96 9.79~10 16.00 
.88-0-51 .882 186.9 561.5 652.4 2.02 0.00 3.89 9.82 16.00 
.88-D-52 .881 186.5 561.8 651.4 2.02 0.00 5.84 9.83 15.99 
-88-D-53 .886 188.4 562.2 653.9 2.02 0.00 1.96 9.84 21.97 
-88-D-54 .882 186.7 561.8 651.4 2.02 0.00 3.88 9.80 21.99 
-88-D-55 ,882 186.9 561.6 651.9 2.02 0.00 5.76 9.81 21.97 
.88-D-56 .885 189.3 563.1 657.5 3.04 0.00 1.97 9.86 7.95 
.88-D-57 -882 188.2 563.3 656.7 3.04 0.00 3.91 9.83 7.96 
-88-D-58 .876 186.1 560.9 654.3 3.04 0.00 5.88 9.84 7.96 
-88-D-59 .882 187.9 563.2 655.7 3.04 0.00 1.97 9.82 16.00 
.88-D-60 .883 188.6 563.3 656.9 3.04 0.00 3.90 9.84 16.00 
.88-D-61 -880 187.1 562.2 654.8 3.04 0.00 6.14 9.82 15.99. 
- 8 8 4 - 6 2  .878 186.9 563.1 655.4 3.04 0.00 1.99 9.80 21.97 
.88-D-63 -877 186.6 563.1 654.8 3.04 0.00 3.85 9.79 21.96 
-88-D-64 -882 187.9 563.0 655.5 3.04 0.00 5.82 9.82 21.96 

'codes a r e  de f i ned  i n  s e c t i o n  "Resul ts  and Discussion." 



TABLE I V .  Continued 

- 
To 9 Pt' a, a¶ 6 ¶ 

R psf deg deg deg R 

10.16 
10.17 
10.21 
10. 01 
i n .  l o  
10.00 
10.02 
10.04 
10.03 
9.88 
9.81 
9.79 
9.81 
9.84 

'codes are de f i ned  i n  s e c t i o n  "Resul ts  and Discussion."  



TABLE I V .  Continued 

- 
9 9 To Pt' a, a, 6 ,  

code1 M p s f  R p s f  deg deg deg R 

'codes a re  de f  i ned i n  s e c t i  on "Kesul t s  and D i  scuss i  on." 



TABLE IV. Continued 

4 Y 

code1 M psf 

0.92-D-1 .922 199.7 
.92-D-2 .922 199.7 
.92-D-3 .921 198.3 
.92-D-4 .922 200.3 
.92-D-5 .921 198.5 
.92-0-6 -921 197.8 
.92-D-7 .921 201.4 
.92-D-8 .925 202.3 
.92-D-9 .921 201.0 
.92-D-10 .921 201.4 
.92-D-11 .921 201.4 
.92-D-12 .919 200.8 
.92-D-13 .921 202.8 
.92-D-14 -925 203.9 
.92-D-15 -924 203.4 
.92-D-16 -923 203.3 
.92-D-17 -923 204.7 
.92-D-18 -923 203.1 
.92-D-19 .925 205.6 
.92-D-20 .923 204.9 
-92-D-21 -919 203.3 
-92-0-22 .923 204.8 
-92-0-23 -921 204.4 
.92-D-24 .921 204.1 
.92-D-25 .924 205.4 
-92-D-26 ,923 205.4 
-92-D-27 -921  204.2 
.92-D-28 .920 203.9 
.92-D-29 .925 196.2 
.92-D-30 -927 197.4 
.92-D-31 .920 195.2 
.92-D-32 .920 195.7 
.92-D-33 .923 197.2 
.92-D-34 -923 197.5 
.92-D-35 .919 196.1 
.92-D-36 .924 197.6 
.92-D-37 .924 197.9 
.92-D-38 .925 201.5 
.92-D-39 .924 201.4 
.92-0-40 .924 201.8 
.92-D-41 .925 202.2 
.92-D-42 .923 201.3 
.92-D-43 .924 202.2 
.92-0-44 -924 202.2 
.92-D-45 .921 201.2 
.92-D-46 .921 201.0 
.92-D-47 .920 201.6 
.92-D-48 .920 201.7 
.92-D-49 -923 202.6 
92-D-50 .921 202.1 

'codes  a r e  d e f i n e  !d i n  s e c t i o n  

- 
a Q 

deg deg 

.05 .25 

.05 .24 

.05 .23 

.05 .50 

.05 .47 

.05 .46 
1.04 .25 
1.04 .24 
1.03 .23 
1.04 .50 
1.04 .47 
1.04 .46 
1.88 .25 
1.89 .24 
2.02 .23 
1.89 .50 
1.88 .47 
1.96 .46 
3.03 .25 
3.03 .24 
3.03 .50 
3.03 .47 
4.01 .25 
4.01 .24 
4.01 .23 
4.00 .50 
4.01 .47 
3.99 .46 

.05 0.00 

.05 0.00 

.05 0.00 

.05 0.00 

.05 0.00 

.05 0.00 

.05 0.00 

.05 0.00 

.05 0.00 
1.04 0.00 
1.04 0.00 
1.04 0.00 
1.04 0.00 
1.04 0.00 
1.04 0.00 
1.04 0.00 
1.04 0.00 
1.04 0.00 
2.02 0.00 
2.02 0.00 
2.02 0.00 
2.02 0.00 

" R e s u l t s  and 

6 Y 

deg 

0.00 
0.00 
0.00 
0.00 
0.00 
0.00 
0.00 
0.00 
0.00 
0.00 
0.00 
0.00 
0.00 
0.00 
0.00 
0.00 
0.00 
0.00 
0.00 
0.00 
0.00 
0.00 
0.00 
0.00 
0.00 
0.00 
0.00 
0.00 
1.95 
3.92 
5.88 
1.94 
3.93 
5.85 
1.97 
3.89 
5.83 
1.97 
3.92 
5.91 
1.97 
3.89 
5.85 
1.94 
3.85 
5.82 
1.96 
3.89 
5.84 
2.00 
Discus s i o n . "  



TABLE I V .  Continued 

- 
9 9 To 9 Pt9 a, a, 6, f Y  

code1 M psf R p s f  deg deg deg R Hz k 

'codes are de f  i ned i n  sec t i on  "Results and D i  scuss i  on." 



TABLE IV. Continued 

P t  ' 
- 

q 9 Toy a, a, 6, f ,  
Code M psf R psf deg deg deg R Hz k 

0.94-D-1 -946 
.94-D-2 -943 
.94-D-3 .947 
-94-D-4 -947 
.94-D-5 .945 
-94-D-6 -942 
.94-D-7 -940 
-94-D-8 .942 
.94-D-9 -944 
.94-D-10 .942 
.94-D-11 .942 
-94-D-12 .944 
.94-D-13 .943 
.94-D-14 .950 
.94-D-15 .945 
-94-0-16 .943 
.94-D-17 .946 
.94-D-18 .942 
.94-D-19 .949 
.94-0-20 .940 
.94-0-21 .944 
.94-D-22 .943 
.94-D-23 .944 
.94-D -24 .942 
-94-D-25 .943 
.94-D-26 .939 
.94-D-27 .947 
.94-D-28 .944 
-94-D-29 -941 
.94-D-30 .939 
-94-D-31 .946 
.94 -D -32 .944 
.94-D-33 .939 
.94-D-34 -942 
.94-D-35 .947 
-94-D-36 -940 
.94-D-37 .942 
.94-D-38 .944 
.94-D-39 .942 
-94-D -40 .943 
.94-D-41 .945 
.94-D-42 ,941 
.94 -D -43 .940 
-94-D -44 .944 
.94-D-45 .945 
.94-D-46 .942 
.94-D-47 .943 
.94-D-48 .948 

'codes are 

204.7 563.8 660.5 
203.4 563.9 658.8 
204.8 562.0 660.1 
204.8 564.2 660.8 
203.9 563.3 658.8 
203.2 562.1 658.4 
199.8 562.1 651.8 
201.7 559.6 653.3 
201.5 559.9 652.0 
200.0 561.8 653.2 
201.0 559.5 651.9 
201.5 561.8 652.0 
199.1 555.6 644.4 
200.9 553.0 645.1 
198.6 551.8 641.3 
199.0 555.7 644.0 
200.0 555.5 644.6 
197.6 553.3 640.5 
203.8 561.8 655.7 
201.0 561.8 652.8 
201.5 559.7 652.0 
202.1 562.0 654.2 
202.1 560.3 653.9 
202.3 563.1 656.3 
202.7 563.3 656.6 
201.7 562.0 656.2 
204.1 563.0 658.3 
203.4 563.6 658.2 
202.1 563.5 656.0 
201.9 561.8 657.2 
204.1 563.8 659.2 
203.4 562.9 658.5 
202.0 563.0 657.2 
203.4 561.3 659.1 
204.2 563.7 658.5 
202.4 563.4 657.5 
203.5 563.2 659.5 
203.5 563.7 658.2 
200.3 560.0 649.0 
200.6 560.3 649.5 
201.6 560.5 651.4 
200.0 560.1 649.0 
200.0 560.2 649.5 
201.5 560.6 651.8 
202.0 558.9 652.7 
200.0 561.2 650.2 
201.4 559.8 652.2 
204.3 564.1 657.7 

defined in section ' 

.05 .26 0.00 1 0 . 0 7 ~ 1 0 ~  3.99 

.05 .23 0.00 10.03 7.99 

.05 .23 0.00 10.11 16.01 

.05 .46 0.00 10.04 3.99 

.05 .47 0.00 10.06 7.98 

.05 .46 0.00 10.07 16.03 

.97 0.00 0.00 9.96 3.96 

.97 0.00 0.00 10.06 7.98 

.97 0.00 0.00 10.04 16.01 

.97 .50 0.00 10.04 3.96 

.97 .46 0.00 10.04 7.99 

.97 .46 0.00 10.04 16.00 
2.01 .25 0.00 10.03 4.00 
2.01 .23 0.00 10.13 7.96 
2.01 .23 0.00 10.09 16.00 
2.00 .50 0.00 10.03 4.00 
2.00 .46 0.00 10.05 7.96 
2.00 .47 0.00 10.03 15.98 
3.05 .24 0.00 10.08 4.00 
3.05 .24 0.00 9.99 7.98 
3.05 .23 0.00 10.04 15.99 
3.05 .46 0.00 10.02 7.99 
3.05 .46 0.00 10.06 16.00 
4.03 .24 0.00 10.01 3.99 
4.03 .24 0.00 10.02 7.95 
4.03 .24 0.00 10.04 16.00 
4.03 .47 0.00 10.06 3.99 
4.03 .47 0.00 10.04 7.95 
4.03 .46 0.00 10.06 15.98 

.05 0.00 1.97 10.05 7.99 

.05 0.00 3.90 10.03 7.99 

.05 0.00 5.83 10.06 7.99 

.05 0.00 1.98 10.02 15.98 

.05 0.00 3.96 10.06 15.98 

.05 0.00 5.95 10.04 15.98 

.05 0.00 1.97 10.02 21.95 

.05 0.00 3.99 10.06 21.95 

.05 0.00 5.83 10.03 21.97 

.97 0.00 1.98 10.04 7.99 

.97 0.00 3.90 9.99 7.99 

.97 0.00 5.90 10.02 7.99 

.97 0.00 1.92 9.98 16.00 

.97 0.00 3.91 9.98 16.00 

.97 0.00 5.85 10.04 16.00 

.97 0.00 1.95 10.08 21.97 

.97 0.00 3.89 9.97 21.97 

.97 0.00 5.85 9.98 21.97 
1.96 0.00 2.00 10.03 7.96 

'Resul t s  and Discussion." 



TABLE I V .  Continued 

- 
4 3 To Pt ' a, a, 6, f, 

code1 M psf R P S ~  deg deg de g R Hz k 

'codes a re  de f i ned  i n  s e c t i o n  "Resul ts  and Discuss ion ." 



TABLE I V .  Concluded 

- 
4 9 To 9 Pty a, a, 6 , f, 

code1 M psf R psf deg deg deg R Hz k 

- 
To 9 Pt' " 9  

R p s f  deg 

576.1 648.3 0 
572.9 645.8 0 
575.4 647.6 0 
573.4 646.6 0 
575.4 646.1 0 
575.6 646.3 0 
571.0 643.8 0 
573.1 643.2 0 
573.5 643.7 0 
571.6 644.8 0 
572.5 643.8 0 
571.6 645.9 0 
574.5 644.8 0 
575.0 646.1 0 
574.6 644.7 0 

'codes a re  de f ined  i n  s e c t i o n  "Results and Discuss ion ." 



TABLE V. SAMPLE UNSTEADY DATA SET 

,40~0-16 MACH  Q T 0 H ALPHA B A R  ALPHA DELTA H N  FflEq, K 
P S F R PYF O E G ,  D E G ,  UEG, rlUrr6 H Z r  

C H S D  
1 
1 
1 
1 
1 
1 
1 
1 
1 
1 
1 
1 
1 
1 
1 

CPL 
,0212 
,0038 
,Old3 
,0111 
001 64 
,01 rJ5 
,0155 
,0157 
,0158 
,O 130 
,0121 
,OOYb 
,001'I 
,0058 
00026 

D P H A S  
- 3 9  a21 

2 8 . 2 5  
17.7'3 
23,25 
2 8 q 2 2  
3 2 . 5 3  
44.11 
5 3 1 3 0  
5 8  q 5 9  
58.64 
b1.13 
72.40 
8 2 . 4 2  
8 9 . 3 7  
97.16 



TABLE V .  Concluded 

a Q O m D - 1 6  ' M A C H  fd T 0 H ALPHA B A R  ALPHA DELTA R N  
PSF R PYF DEG, DEG, D E G ,  *10**6 

CHRD NO,* L O C  NO, CPU P H A S  U CPL PHA8 L DEL Cf' 0 P H P S  

* 
Chords A through E i n  t e x t  a re  1  through 5, r espec t i ve l y ,  i n  t h i s  

and d i g i t a l  tapes. 
t a b l e ,  m ic ro f i che ,  



TABLE VI. SUMMARY O F  STEADY PRESSURE FIGURES 
[Nominal conditions] 

*Parameter varied. 

Figure 
9 

10 
11 
12 
13 
14 
15 
16 
17 
18 
19(a) 
19(b) 
2o(a) 
20(b) 
20(c) 
20(d) 
20 (4 
20(f) 
21(a) 
21(b) 
21(c) 
21(d) 
2l(e) 
21(f) 
22(a) 
22(b) 
22(c) 
22(d) 
23(a) 
23(b) 
23(c) 
23(d) 
24(a) 
24(b) 
24(c) 
24(d) 

8, 
deg 
0 
6 
0 
0 
x 

0 
0 
0 
0 
0 
0 
0 
6 
0 

-6 
6 
0 

-6 
6 
0 

-6 
6 
0 

-6 * 
* 
* 
* 
* 
* 
* 
* 
* 
* 
* 
* 

Comments 
ACp, comparison with linear theory 
ACp, comparison with linear theory 
CplU, surface pressure distribution 
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TABLE VII. SUMMARY OF UNSTEADY PRESSURE FIGURES 
[Nominal conditions] 

*Parameter varied. 
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Figure 1. Planform geometry of clipped delta wing. 
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Figure 2. Construction of clipped delta wing. 
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(a) Installed in Transonic Dynamics Tunnel. 

L-82- 1664 

(b) Oscillating mechanism. 

Figure 3. Clipped delta wing. 
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Figure 4. Node lines for test frequencies in still air. 
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(b) Schematic of installation in control surface. 

Figure 5. Transducer mounting configurations in delta-wing model. 



L-82-8945 

Figure 6. Device for calibrating in situ pressure transducers. 

Dynamic - t o - s ta t i c  p ressu re  s e n s i t i v i t y  

Figure 7. Distribution of dynamic-to-static pressure sensitivity ratios. 
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Figure 9. Comparison of experimental steady pressure distribution with linear-theory results for chord D a t  
6 = 3' and 8 = 0'. 
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Figure 10. Comparison of experimental steady pressure distribution with linear-theory results for chord D at  
6 = 0.05O and 8 = 6'. 



Figure 11. Calculated steady pressure distribution (Cp,,) for M = 0.92 and 6 = 2'. Transonic small- 
disturbance theory. 
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Figure 12. Comparison of experimental and analytical valAes of steady ACp as a function of (I: for M = 0.90 
and 8 = 0'. 
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Figure 13. comparison of experimental and analytical steady ACp for variation of 8 at  B = 2' and M = 0.90. 
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Figure 14. Upper-surface steady pressure distribution as a function of Mach number at  d = O0 and 8 = o0 
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Figure 15. Steady pressure distribution as a function of 6 for M = 0.40 and 6 = OO. 
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Figure 16. Steady pressure distribution as a function of 6 for M = 0.88 and 8 = OO. 
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Figure 17. Steady pressure distribution as a function of & for M = 0.90 and 8 = 0'. 
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Figure 18. Steady pressure distribution as a function of d for M = 0.92 and 8 = 0'. 
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Figure 19. Steady pressure distributions as a function of fi for M = 0.94 and 8 = 0'. 
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Figure 19. Concluded. 
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(a) CP+; 8 = 6'. 

Figure 20. Steady pressure distributions as a function of Mach number for 5 = lo. 
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Figure 20. Continued. 
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Figure 20. Continued. 
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Figure 20. Continued. 
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Figure 20. Continued. 
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Figure 20. Concluded. 
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(a) Cp,U; 8 = 6'. 

Figure 21. Steady pressure distributions as a function of Mach number for 6 = 3' 
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Figure 21. Continued. 
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Figure 21. Continued. 
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(d) ACp; 8 = 6'. 

Figure 21. Continued. 
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Figure 21. Continued. 
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( f )  ACp; 8 = -6'. 

Figure 21. Concluded. 
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(a) M = 0.88. 

Figure 22. Steady pressure distribution as a function of positive 8 at  6 = 3'. 
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( c )  M = 0.92. 

Figure 22. Continued. 



- 

- a \ 

- Chord C 

I I I 1 

(d) M = 0.94. 

Figure 22. Concluded. 
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(a) M = 0.88. 

Figure 23. Steady pressure distribution as a function of negative 8 at  ii = 3'. 
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Figure 23. Continued. 
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Figure 23. Continued. 
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(d) M = 0.94. 

Figure 23. Concluded. 



(a) M = 0.88. 

Figure 24. Control-surface hinge moment as a function of 8 a t  angle of attack. 



(b) M = 0.90. 

Figure 24. Continued. 
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( c )  M = 0.92. 

Figure 24. Continued. 
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(d) M = 0.94. 

Figure 24. Concluded. 
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(a) f = 4 Hz. 

Figure 25. Comparison of unsteady experimental pressures and phase angle with linear-theory results on 
chord D at  M = 0.40, a: = 0.47', and 6 = 0.05' for wing pitch oscillation. 
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(b) f = 8 Hz. 

Figure 25. Continued. 
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Figure 25. Concluded. 
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Figure 26. Comparison of unsteady experimental pressure and phase angle with linear-theory results on chord D 
for wing pitch oscillation at  M = 0.885, 6 = 0.05", and a = 0.48', and f = 8 Hz. 
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(a) f = 8 Hz. 

Figure 27. Comparison of unsteady experimental pressure and phase angle with linear-theory results on chord D 
for wing pitch oscillations a t  M = 0.90, 6 = 0°, and a = 0.46'. 
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(b) f = 16 Hz. 

Figure 27. Concluded. 



(a) 6 = 0' and 3O; f = 4 Hz. 

Figure 28. Unsteady pressure distributions and phase angle on chord D for wing pitch oscillation a t  M = 0.40 
and a = 0.46'. 



(b) ti = 3"; f = 4, 8, and 16 Hz. 

Figure 28. Concluded. 



(a) f = 4 Hz. 

Figure 29. Unsteady pressure distributions and phase angle on chord D for wing pitch oscillation at  three 
values of a for A4 = 0.90 and cr = 0.46'. 



(b) f = 16 Hz. 

Figure 29. Concluded. 



Figure 30. Unsteady pressure distributions and phase angle on chord D for wing pitch oscillation at  f = 4, 8, 
and 16 Hz at M = 0.90, 6 = 3 O ,  and cr = 0.46'. 



Figure 31. Unsteady pressure distributions and phase angle on chord D for wing pitch oscillation at  ct. = 0.25' 
and 0.50°, M = 0.90, 6 = 3O, and f = 8 Hz. 



(a) (Y = 0.46'; f = 4 Hz. 

Figure 32. Unsteady pressure distributions and phase angle on chord D for wing pitch oscillation a t  & = 3'. 



(b) cr = 0.50°; f = 16 Hz. 

Figure 32. Concluded. 
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Figure 33. Unsteady pressure distributions and phase angle on five chords for wing pitch oscillation a t  6 = 3O, 
cr = 0.50°, and f = 16 Hz. 
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Figure 33. Continued. 
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Figure 33. Continued. 
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Figure 33. Concluded. 



0 Measured 

- Linear theory 

(a) f = 8 Hz; 6 = 5.86' 

Figure 34. Comparison of unsteady experimental pressures and phase angle on chord D with linear theory for 
control-surface oscillation a t  M = 0.40 and 5 = 0.05O. 
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Figure 34. Concluded. 
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Figure 35. Comparison of unsteady experimental pressure and phase angle on chord D with linear theory for 
control-surface oscillation at  M = 0.879, 6 = 0.05', 6 = 5.8g0, and f = 8 Hz. 
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(a) 6 = 1.98'. 

Figure 36. Comparison of unsteady experimental pressure and phase angle on chord D with linear theory for 
control-surface oscillation at M = 0.899, 3 = 0.05O, and f = 8 Hz. 
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Figure 36. Continued. 
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(c) S = 5.90'. 

Figure 36. Concluded. 
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(a) f = 8 Hz. 

Figure 37. Unsteady pressure distributions and phase angle on chord D a t  & = lo and ti = 6' for variable 
Mach number. 
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Figure 37. Concluded. 
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Figure 38. Unsteady pressure distributions and phase angle on chord D at  d = 3O, S = 6O, and f = 8 Hz. 
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(a) M = 0.90. 

Figure 39. Unsteady pressure distributions and phase angle on chord D for control-surface oscillation a t  6 = 3' 
and S = 6' for variable frequency. 
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Figure 39. Continued. 
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Figure 39. Concluded. 
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(a) M = 0.90. 

Figure 40. Unsteady pressure distributions and phase angle on chord D a t  6 = 3' and f = 16 Hz for control- 
surface oscillation a t  S = 2O, 4O, and 6". 
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(c) M = 0.94. 

Figure 40. Concluded. 
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Figure 41. Unsteady pressure distributions and phase angle on five chords at  ti = 3' for variable frequency 
and amplitude at  M = 0.90. 
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Figure 41. Continued. 
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Figure 41. Concluded. 
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