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DEVELOPMENT OF DIRECT-INVERSE 3-D METHODS FOR APPLIED TRANSONIC
AERODYNAMIC WING DESIGN AND ANALYSIS

1. Introduction

This report summarizes the activities and accompli-‘snents
associated with Texas A&M Research Foundation Project 5373 which was
funded as NASA Grant NAG-1-619 from the NASA Langley Research Center.
The project was awarded October 15, 1985 and actively continued until
August 31, 1989, The primary objective of this effort was the
development of a three dimensional direct-inverse transonic wing design
and analysis code based upon the TAWFIVE analysis code (Ref. 1).

Because of its complex nature and the desire to establish proof of
concept prior to final code development, the project was divided into
two phases. The first phase developed an inviscid design code,
established the validity of the method, and demonstrated the versatility
of the approach by designing entire wings and discontinuous sections of
wings. The second phase extended the method to include viscous
interaction and investigated the limits and utility of the method. In
addition, it indicated that it is feasible to successfully design a
region of a wing which begins aft of the leading edge and which
terminates prior to the trailing edge.

I11.Persannel

While the project was officially awarded in October 1985, the
fiscal paperwork was not completed for several months and the actual
work was not permitted to start until January 1984. At that time Me .
Thomas A. Gally was accigned to the project as a graduate research
assistant (GRA). Mr. Gally remained with the project on a GRA basis
thru August 1987, and since then he has assisted the project whenever
needed. In June 1987 Mr. Robert R. Ratcliff joined the project as a GRA
to conduct the second phase of research. Mr. Ratcliff remained with the
project thru August 1989, Both Mr. Gally and Mr. Ratcliff used their
research work on the project as the basic for their master’s theses.
Mr. Gally recevied his M.Sc. degree in May 1987, while Mr. Ratcliff
received his M. Sc. degree in August 1989,

The principal investigator for this project has been Dr. Leland A.
Carlson, Professor of Aerospace Engineering. Originally, this entire
project was to last two to three vears, with each phase requiring about
half of the total time. However, due to the discovery of a spanwise
oscillation problem during the second phase of the project, the latter
portion has taken considerably longer than anticipated. The principal
investigator apologizes to NASA for this delay.



ITI. Accomplishments

The accomplishments and achievements of this project are contained
in the following seven publications:

Gally, T. A., "Inverse Transonic Wing Design Using Finite-Volume
Methods in Curvilinear Coordinates,* M. sc, Thesis, Texas A&M
University, College Station, Texas, May 1987,

Gally, T. A. and Carlson, L. A., "lnverse Transonic Wing Design
Using Inverse Methods in Curvilinear Coordinates," Alaa Paper No.
87-2551, Proceedings of the Sth Applied Aerodynamics Conference,
AlAA, New York, August 1987, pp. 514-524.

Gally, T. A. and Carlson, L. A., "Transonic Wing Design Using
Inverse Methods in Curvilinear Coordinates,” Journal of Aircraft,
Vol. 25, No. 11, November 1988, pp. 1009-1017.

Cartson, L, A., Ratcliff, R. R., Gally, T. A., and Campbell, R, L.,
“Inverse Wing Design in Transonic Flow Including Viscous

Interaction," Transonic  Symposium: Theory, Application. and
Experiment, April 19-21, 1988, NASA CP 3020, Vol. 1, Part 2, 1989,
pp. 497-519,

Ratcliff, R. R. and Carison, L. A., *a Direct-Inverse Transonic
Wing-Design Method in Curvilinear Coordinates Including WViscous
Interaction,* Alaa Paper No. 89-2204, Proceedings of the AlAA 7th

Applied Aerodynamics Conference, August 1989, pp. 362-379,

Ratcliff, R. R., "Verification, Optimization and Refinement of a
Direct-Inverse Transonic Wing Design Method Including Weak Viscous
Interaction," M. Sc, Thesis, Texas A&M University, College Station,
Texas, August 1989,

Ratcliff, R. R., Gally, T. A., Carlson, L. A., Melson, N, D., and
Strett, C. L., *TaWsp: A Users Manual for Analysis and Inverse
Design of Wings in Transonic Flow," TAMRF Report No., 5373 - 89 -
04, October 1989.

In the first phase of the project, an inviscid direct-inverse wing
design method was developed and demonstrated (Ref 2 - 4>, This method
was based upon the analysis code TAWFIVE, which in tuprn was based upon
the three dimensional transonic potential flow solver, FLO30, developed
by Caughey and Jameson (Ref. S5). This approach used a finite volume
formulation, an SLOR solution scheme and a wing and fuselage fitted
curvilinear grid mesh. In addition to developing the direct inverse
design techniques, methods for properly handling trailing edge closure
problems were develped and included in the design code.



The research established that:

(1) The method could obtain invsicid wing designs in *both
subscritical and supercritical flow, :

(2) The method <could be wused to design entire wings or
noncontiguous regions of the wing on both the upper and lower
surfaces,

In addition, it was shown that the method could handle twist, could be
used to change a wing from supercritical to subcritical, and could be
used to make large surface changes to the original wing.

In the second phase of the project, viscous interaction was added
to the design method. 1In addition, extensive studies of the method and
comparisons with other codes were conducted in order to verify the
method. These other codes contained a mixture of similar and different
coordinate systems, flow solvers, and design methods. Based upon these
studies, (Ref. 4), it was concluded that the present method and code was
reliable and accurate, It addition, it was determined that inverse
methods using similar coordinate systems and flow solvers will yield the
same wing designs, and that inverse methods having different coordinate
systems and fuselage representations but similar design procedures will
vield different section profiles, However, the pressure distribtuions
and 1ift coefficients in the latter case will be in reasonable
agreement.

In addition, extensive studies were conducted to determine the
approximate limits on wing aspect ratio and leading edge sweep angle
required for a successful design. Also, studies showing the effects on
the final design of spanwise grid skewness, grid refinement, viscous
interaction, the initial airfoil section , and Mach nubmer pressure
distribution compatibility were conducted. It was determined that:

(1) Designing at every other spanwise station is the most
efficient approach.

(2) A smoothly varying grid is needed at the wing tip for
accurate design.

(3) The final designed airfoil sections are independent of the
initial sections if the direct-inverse junction is moved
close to the leading edge.

(4) Boundary layer displacement thicknesses must be included in
the design process. Otherwise, the designed wing will have
less 1ift and different pressure distributions than desired.

(3) For the <conditions considered, wake curvature and
displacement effects have very little effect on the designed
airfoil shapes or on the wing pressure distributions.

(é) Presently, the design of only high and medium aspect ratio
wings is possible with this code, although preliminary
approximate results can be obtained for highly swept low
aspect ratio wings.



(7) A partial wing design beginning aft of the leading edge and
terminating prior to the trailing edge ic possible with the
present method.

(8) From an accuracy standpoint, detajled wing designs should be
performed on the fine grid, although preliminary results can
be obtained using medium grids,

For details see the appendices of this report and Ref. & - 8,
IV. Conclusion

As indicated above and specifically in the appendices of this
report, considerable progress in the development of a direct-inverse
transonic wing design method in curvilinear coordinates which includes
the effects of viscous interaction has been made. The resulting
computer program (Ref, 9}, called TAWSD, should be of value in the area
of applied aerodynamics. However, the additional development of methods
to improve the design scheme at the wing root and wing tip, to more

to trailing edge, and to incorporate the more rapid multi-grid solver
techniques (Ref. 10) would be decirable,
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INVISCID TRANSONIC WING DESIGN USING INVERSE
METHODS IN CURVILINEAR COORDINATES

Thomas A. Gally*
Texas A&M University
College Station, Texas

ABSTRACT

An inverse wing design method has been developed
around an existing transonic wing analysis code. The
original analysis code. TAWFIVE. has as its core the
numerical potential flow solver. FLO30. developed by
Jameson ond Caughey. Fealures of the analysis code
inciude a finite-volume formulation: wing and fuselage
fitted, curvilinear grid mesh; and a viscous boundary
layer correction that also accounts for viscous wake
(hickness and curvature. The development of the inverse
methods as an extension of previous methods existing for
design in Caricsian coordinates is presented. Resulls are
shown for inviscid wing design cases in super-critical
flow regimes. The test cases selected also demonstrate
the versatility of the design method in designing an
entire wing or discontinuous sections of a wing.

NOMENCLATURE

C - Coefficient of pressure

h - Jacobian of coordinate transformation
H - Jacobian matrix

J - Transpose of inverse Jacobian matrix

Moo - Freestream Mach number
oo - Magnitude of freestream velocity
Q - Magnitude of local velocity

u,v,w - Components of physical velocity vector
U,V,Ww - Components of contravariant velocity vector
a - Angle of attack

~ - Ratio of specific heats

é - Differential operator

§(x) - Displacement thickness

§(x) - Displacement thickness due 10 relofting

A - Trailing edge thickness

&y - User specified trailing edge thickness

B - Averaging operator

P - Density

¢ . Reduced/perturbation potential function
(® = ¢ + x cos{a) + Y sin(a) )

[ - Potential function

INTRODUCTION

In recent years the importance of transonic flight to
both military and commercial aircraft and the develop-
ment of specialized transonic wings for several flight
research experiments have prompted significant efforts to
develop accurate and reliable computational methods for
the analysis and design of transonic wings. Many methods
of solution have been developed, but among those which
have shown promise due to their computational efficiency
and engineering accuracy have been those based upon the
full potential flow equations in either their conservative
or non-conservative formi=3. The TAWFIVE4 FORTRAN

* Graduate research assistant.
** professor of Aerospace Engineering, Associate
Fellow of AIAA ¢

Leland A. Carlson®*
Texas A&M University
College Station, Texas

code in particular has proven 10 be an excellent and
reliable analysis tool. This analysis code is based upon the
FLO30 finite volume potential flow method that was
developed by Jameson and Caughey3. Among the fca-
wres of FLO30 are its fully conservative formulation and
its three-dimensional curvilinear grid. The latter can be
fit around any general combination of fuselage shape and
wing planform.

The purpose of the research described in this paper
has been to develop a wing design method that is based
on the existing TAWFIVE analysis code and is compatible
with the existing computational methods and program
structure of that code. Qf the many wing and airfoil
design methods available5°8. the inverse method as
developed by Carlsong' was selected for use. The
current work extends the previously developed design
methods developed for orthogonal grids 1o the more
generalized curvilinear grid system of TAWFIVE, while
also providing greater design flexibility and versatility for
engineering applications. These last goals were achieved
by the inclusion of user options for designing either the
entire wing or only discontinuous wing segments 2as
shown in Figure 1. The availability of this option is
useful 1o engineers who are typically faced with desig-
ning around regions where the wing geometry may be
fixed by constraints other than aerodynamic consider-

ations.

{a) Part of Upper Surface,
Lower Surface, or Both

(b) Entire Wing

(c) Multiple Regions

BE—

Figure 1. Possible Wing Design Situations
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ial Flow v

The inviscid potential analysis of TAWFIVE s
performed by the program FLO30 developed by Caughey
and Jameson°. For a complete description of the
FLO30 code and is theoretical basis the reader is
reflerred 1o Caughey and Jameson's papers and some
earlier developmenia} work by Jameson!4- A brief
description is presented here 1o provide for completeness
and to provide a background for the inverse design
developments which wil| be discussed in detail.

FLO30 solves the full potential equation in conserva-
tive form which when transformed from Cartesian coor-
dinates to generalized curvilinear coordinates is:

(phU)f + (ph\’),’ + (phW)c =0 (1)

where the subscripts denote differentiation with respect to
the curvilinear coordinates ¢, 5, and ¢. The contravariant
velocities are related 1o the physical velocities and the
derivatives of the potential function by:

{v = g-1 {\} = (HTH)-2 @,,} )
W} w 1¢$-

and H is the transformation matrix defined by

Xe x5 oxe
H = Ye Yn ¥ with h = |H| (3)
% o ok
The local density can be obtained from isentropic
relations as: ’
1
q-1 ~1
Pl 4 5 M2 - w242 w2 7))

The numerical approach used in FLO30 is a finite
volume technique. To understand this approach, consider
the simple two dimensional case represented by the grid
system shown in Figure 2.

j+1
J d{_____j a
| }
| |
=1 ck—+—-p
[i-1 i i+1

Figure 2. Finite-Volume Cell Location

The dashed cube shown in the figure indicates the area
element under consideration. The flux of fluid through
side a-b can be approximated by the average of the
fluxes at point a and b with similar results for the side
c-d. The net flux in the X direction for the elemental
area centered at grid point i,j is then:

(ehU)e = [(shU, + phUp) - (hU, + phUy)] / 24¢
or in the notation of Caughey and Jameson,

(phU)¢ = Hpbe(pU)

where u indicates averaging and § indicates differentiation
in the indicated directions which are defined as follows
(allowing Af=AnmAr=l):

WYk = Wiy ik - Uiy 54)
ey < RO,
eqWijk = Wiy jas i + Uist itk * Yy jeik

* Vi jas
. etc,

When extended to the other flux components and 1o
averaging over cube surfaces in three dimensions, the
numerical potential equation is of the form:

BncbelphU) + HeebplphV) 4 Bepbe(phW) « 0

To find the flux quantities PhU, phV, and phW a1
the finite volume cell vertices (i.e. points a, b, ¢, and d
for the two dimensional case), i1 is necessary to evaluate
Equations (2) through (4). The derivatives in these
expressions can be expanded by the same volume averag-
ing approach used above, thus:

¢, = 4 ®) Xe = Ppebe(x)
d»,el = pgggﬁw Ye = uggéﬁy)
O = Henic(®) %= bncbe@)

with similar terms for the other transformation metrics,
The above expressions, being centered at grid midpoints,
will involve the values of the potential and grid position
at grid points which are known from the previous poten-
tial solution and the grid geometry, respectively.

When solving transonic flows it is necessary o
include in the solution algorithm some form of supersonic
upstream dependence in order to account for both the
physical nature of the flow and the viscous nature of
shock waves, respectively, Caughey and Jameson intro-
duced upwinding by the addition of terms into their
potential numerical equation which are only non-zero
when the flow js supersonic.  Also, the finite volume
technique exhibits a tendency for uncoupling of the flow
field solution between alternating grid points. As 2
result, additional terms are included in the numerjcal
potential equation. The final numerical equation which s
solved by FLO30 when these terms have been included
has the form:

uﬂcéf(phU4P) + ,us-(&”(phV«»Q) + pe 6‘-(phW+R)
" ebenQen + MebneQue + pdceQeg - SencQene/2) = 0

where P, Q, and R are the upwinding terms and OE’I’
Qng» Qv and Qene are the decoupling terms.

m ional Gri m

The computational grid used by FLO30 is a body
fitted, non-orthogonal, curvilinear mesh constructed about
a2 wing fuselage combination. The number of grid points
composing the computational domain is typically 40 x 6 x
8, 80 x 12 x 16, or 160 x 24 x 32 for the number of £,

. and ¢ points in the coarse, medium, and fine grids,
respectively. The grid is conformally mapped to the
wing and fuselage surfaces as can be seen from the plot
of surface grid lines shown in Figure 3.

The grid is formed around spanwise airfoil sections
in a2 similar manner in which "C* grids are mapped 1o
airfoils in two-dimensional analysis. In addition, each
spanwise computational plane is also conformally wrapped
about the fuselage surface and a line extending forward
from the fuselage nose.

\)O



Figure 3. Surface Grid Point Geometry

A final set of grid surfaces are generated beneath
the wing and fuselage surfaces and beyond the symmetric
plane in order to aid in the formulation of both the
finite-volume numerical flow equations and the flow
tangency boundary conditions upon these boundaries.
The grid points composing the “ghost™ surfaces are
calculated from linear extrapolations of the computation
grid lines from inside the physical domain.

Boundarv ndition

Since the governing potential equations are written in
terms of perturbations from free-stream conditions, the
subsonic, far-field requirement that the flow return to
the free-stream velocity and direction is satisfied by
setting the perturbation potential equal 1o zero on the
side and upstream boundaries. The downstream boundary
condition is a “zero” order extrapolation of the potential
(constant potential assumption) to the outflow boundaries.

A flow tangency condition is applied along both the
wing and fuselage solid surfaces by setting the normal
contravariant component of the velocity vector to zero on
the surfaces. This condition provides an equation which
when approximated by a finite-difference expansion
about the surface grid points can be used to set a value
for the perturbation potential on the "ghost” grid points
below each surface. Note that this Sinite-difference
boundary condition differs in formulation from the
finite-volume solution algorithm of the governing

equations. As a result, it is possible to impose flow °

" tangency using the (finite-difference technique yet still
have a slight normal surface velocity when performing
the finite-volume calculations. Since it is essential to
have accurate boundary conditions at the wing surface in
order to generate accurate solutions, a second condition is
imposed upon the wing surface. This additiona! condi-
tion involves reflecting the flux quantities calculated by
the flow solver for the cell centers directly above the
wing surface to the "ghost" cell centers beneath. The
reflected normal fluxes then cancel each other out in the
residual expression and a net zero flow is obtained
through the surface. Similarly, a zero flux condition is
applied at the half .body symmetric plane, limiting
solutions to symmetric, non-sideslip cases.

The trailing edge slit boundary is not an actual limit
to the physical domain as the other boundaries are, but is
simply an artificial boundary created by unwrapping the
physical plane into the Computational domain. The only

conditions which need to be imposed at the slit is that
the flow velocities, and thus pressure, be continuous
across the cut. The flow potential, however, will have a
discontinuous jump across the wake which is proportional
to the sectional wing lift coefficient.

A4 W IGN METHOD:

As stated previously, a direct-inverse approach 10
wing design was selected for incorporation into the
TAWFIVE code. The direcl-inverse method desives IS
name from the division of the desipn wing surface into a
fixed geometry leading edge region, where fiow tangency
boundary conditions are imposed, and an aft, variable
geometry section where pressure boundary conditions are
enforced. The pressure boundary where the user speci-
fied pressure distributions are imposed does not extend
forward to the leading edge due to difficulties of
enforcing this type boundary condition near the beginning
of an airfoil section. This restriction on the size of the
pressure specification region does not seriously reduce the
versatility of the design method since the leading edge
regions for most airfoils are similar, and it is relatively
easy to select a leading edge geometry which will
produce the desired Mach number or pressure values at
the beginning of the inverse region. In addition, specific
leading edge shapes may be required due 10 other design
constraints such as the necessity 10 house a leading edge
flap or slot system.

Pressure Boundarv Condition

In the inverse design regions on the wing, a pressure
boundary condition will be specified rather than the flow
tangency condition used in analysis zones. In formulating
this boundary condition it is necessary to relate the user
specified pressure coefficient, Cp. to the current
perturbation potentials at inverse design grid points.
Consider the full potential equation for the pressure
coefficient

2

2 -1 < 1
CD -—-2{[} #’1? Mm(] -Qz)] - ]}
™eo Qoo

where: Q2 =u 4 vy w? |

If it is assumed that the pressure coefficient is
primarily a function of the chordwise component of the
velocity, u, and only slightly affected by the vertical and
spanwise components of velocity, v and w, then a stable
approximation is made by time lagging the latter two
velocities in the boundary condition expression. This
assumption is true everywhere except near the leading
edge; but since the inverse design boundaries have
already been restricted to regions well behind the leading
edge, the simplification is justified. The value of the

-local velocity, u, can then be calculated from the above

expression in terms of the desired pressure coefficient
and the current values for the vertical and spanwise
velocities. In addition, the velocity u can also be
calculated from the perturbation potentials using the
relations of Eq. (2). Defining J;; to be the elements of
the inverse transpose of the Jacogian matrix, H, the two
equations for u yield:

T 1840 28p+T 1380 = -1
2 J
.._2_2 MooCp
M|+ —— /-1

e (3« @)

- cos{a) (5)

s



Since the spanwise and vertical flow velocities have
already been assumed to be constant in the boundary
condition relation, it is consistent to make the same
approximation in the above expression with respect to the
spanwise and vertical derivative terms, ¢,, and éf. This
assumption is similar to the previous one, and leads 1o an
explicit expression for the potential at one point.

The finite difference approximation used involves
expanding the derivatives of the potential about the
mid-point 1-4,j,k.  The § derivative is determined by a
central difference involving the preceding and following
grid point valves. The 7 and { derivatives are found at
the mid-point by averaging the derivatives from the
preceding and following grid points found by a three
point backwards and central difference approximations,
respectively.  Figure 4 shows the point dependence and
pressure specification point for this method. The
resulting numerical expression obtained with these finite
approximations is:

n+l n
TNk - 4ok
n+} n n n
+ 112[3(¢i.j,k *hiejk) - Ao e Fis1,5-1.K)
n n
* Sij-2.k + ¢i—l,j-2.k] /4
n n n n
130 ke + it ke - $ik-1 = $io1j k) )4
= F(Cpiyx)

Here, the superscripts n and n+l refer to current

values of the potential and the new values of the
potential being imposed by the boundary condition,
respectively. Also, the term F(Cpi—i,k) is the right hand

side of Eq. (5) evaluated using the pressure coefflicient
specified at point i-$.k. Solving the above expression for
the potential at point 1,5,k yields:

n+!
$ijk =

1 n
T3 o7 Jidiy o0
T 30,74 { nénx-xd,k .
- 112[3¢i-1.j.k ARGkt Bicg o k)
n n .
*lij-ak ¢ ¢i-l,j-2,k] /4
n n n n
T3 kel + ) ke - $iik-1 = i1 jk-1)/4
+ F(Cp“_*'k)}

The potential values ap n+! in the direct region are
known initially since they do not change when the
inverse boundary condition is applied; i.e. ¢+ o gn A
the potentials on the inverse boundary can then be
calculated and, since the spanwise and vertical derivatives
are small, will primarily be functions of the pressure
coefficient at grid point i-4 and the value of the
potential at grid point j-1.

The only concern with using this mid-point specifi-
cation scheme is that the current method of calculating
the pressure data output from FLO30 uses a grid point
centered difference scheme for the streamwise derivative,
This difference could potentially allow a pressure 1o be
specified correctly but still have a significantly different
value output from FLO30 due to the inconsistent -calcula-
tion methods. However, as shown on Figure 5, where the
pressures calculated for a typical flow solution .are
compared for the two different calculation techniques,
this possible error has not been significant in practice.

O Known Potential Values {lagged)
_) Unknown Poteatial Yalue (updated)
<> Pressure Bpecification Point

Point Dependance and Location

Figure 4.

PRESSURES AT GRID POINTS
©  PRESSURES AT MID-POINTS

T

1.0 T T T T T
04

i 1 T
0.6 0.8
x/c

Figure 5. Comparison of Pressure Calculation Methods

Surface Calculations

As the inverse boundary conditions drive the flow
field to a converged solution, it is necessary to
periodically calculate the location of the new displacement
surface and to regenerate the computational grid about
this new geometry so that the pressure boundary surface
will correspond to the physical boundary surface. Each
new surface can be found relative to the previous surface
from an intepration of the wing surface slopes. However,
the surface slopes must first be calculated from the
current filow field solution using the flow tangency
boundary condition which in curvilinear coordinates is:

VI x vE =0

where V is the contravariant velocity vector and VF is
the gradient of the surface function with respect to the
curvilinear coordinates. Note this condition is a direct
analog to the same condition expressed in physical space.

A more useful expression can be obtained by
expanding the above equation to:
on = Y - Wiy
) U SACTo
wing wing

This expression can be solved for the new chordwise
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airfoil slopes, an/o€, if the current values of the
spanwise slope, an/d¢, are used. Since the wing surface
is represented in the computational grid as s plane of
constant n, the current slopes on the wing surface equal

zero and a simplified flow tangency condition resuits:

(#),., ©
ae ) . U
wing

The above expression has been applied to the com-
putational surface plane in order to find the relative
location of the new physical surface. This approach is
an approximation since the above equation is only exactly
true when applied to the new surface itself. Using this
method, however, provides for @ stable iterative surface
updating procedure which quickly converge to the target
surface.

To calculate the relative surface slopes, it is first
necessary 1o accurately determine the values of the
contravariant velocities, U and V. Ags was also deter-
mined by the work of Weed, ‘et al.‘z. a simple finite
difference calculation of these velocities is not
sufficiently accurate. Borrowing from Weed, et al, 2
more accurate method was implemented which uses the
residual expression to calculate the velocity ratio, V/U,
under the assumption that the residual is zero at the
surface points. The residual expression from FLO30 can
be written in finite volume form as:

p,KSE(phU) + p;g&n(ph\’) + #5,75;0*‘“’)
+ (other terms) = 0

) The "other terms” in the above expression involve the
grid point coupling and upwind dependence terms of the
formulation and are assumed to be constants in the
following development.

The desired velocities can also be written in this
finite volume form as:
YV = phV = “eng(l’hv) and U = phU = pf,,;(phU)
Py simple manipulations, the normal velocity can be
obtained from the residual expression as:

2ugaglphV) = 2ugloh V-1~ incbe(sbL) ©
- pensf(ph\ ) - (other terms)

where the subscript n-] refers 1o the values at grid cell

centers above the wing surface.

In order to use Ea. (6) to find the desired surface
velocity ratio, it is necessary to know the U and w
yelocity components at the "ghost” cell centers below the
wing surface. These values can be obtained in a manner
consistent with FLO30 by specifying "the *ghost” cell
values to equal the values at corresponding points
immediately above the wing surface. A comparison of
the accuracy of both the finite difference approach and
residual approach is shown in Figure 6. The calculated
displacements are for 2 converged analysis solution for
which the calculated slopes should of course be zero.

With the contravariant velocities known, an integra-
tion of Eq. (6) through the inverse design region from
the leading edge to the trailing edge yields a set of
surface displacements, §(x), for the new wing surface
relative to the previous one. These displacements are
expressed as changes in the computational coordinate 1,
and are converted to surface displacements in the
physical plane via the, local grid transformation. The
physical plane displacements are coincident with the

_the inverse regions.

0.01

0.00 —-{diiSs

-0.01 -

-0.02 -

-0.03 —

DISPLACEWENT/CHORD

~0.04 -
o——< FINTTE DIFFERENCE APPROACH

— W
1
04 0.8 0.8 1.

x/c

-0.05 y T Y
0.0 0.2

Figure 6. Comparison of Slope Calculation Methods

computational grid points in the inverse regions. 10
obtain the corresponding displacements  al the original
geometrical locations specified in the program input data,
a linear interpolation of the above data is performed.
Finding the displacements at the original geometry
stations permits the calculation of the new wing airfoil
sections at the same semispan locations.

Trailin losur

The procedures outlined above will compute a Wing
surface corresponding to 2 given, fixed, leading edge
geometry and to a desired set of pressure distributions in
The above procedures do not.
however, guarantee that this wing pbeornetry will be
practical. In particular, past experience has shown that
inverse surface calculations may vield airfoil sections
which have either excessively blunt trailing edges oOr
which, at least numerically, have the upper and lower

-surfaces crossed at the trailing edge (“fish tailed”). The

former case is undesirable due to aerodynamic consider-
ations, while the latter is physically impossible and may
produce unpredictable problems in the grd generation or
flow calculation portions of FLO30.

Since for any specified pressure distribution the
corresponding wing surface will be controlled by the
leading edge geometry, which serves as an initial spatial
boundary condition for the inverse region, the problem of
assuring trailing edge closure can be viewed as the proper
selection of 2 leading edge shape. A procedure for
systematically modifying the leading edge region in order
to achieve some desired trailing edge thickness is called
relofting. Such 2 relofting procedure has been incorpOr-
ated into the present design process in order to both
prevent the problems of trailing edge crossover and 10
allow the user the option of specifying 2 trailing edge
thickness as an additional design variable. This design
feature should be very useful in practical applications
since it automates the jterative selection of a leading edge
shape which would otherwise have to be performed by

the user.

Two methods of relofting can presently be selected.
The first method is 8 simple linear rotation scheme. This
method can be visualized with the help of Figure 7. The
dashed line indicates the original jeading edge geomeiry
and a hypothetical new surface shape which has been
calculated for the inverse design regions. Without
modification, this new surface has 2 trailing  edge
thickness of A. If a thickness of &, were specified by

~ the user, then the surface would have to be relofted or

changed. In the present scheme, in order to obtain the

3\3



Figure 7. Relofting to Force Trailing Edge Closure

desired thickness, a displacement thickness, ép, is added
to the current design surface. This thickness has a
distribution from the leading to the trailing edge and is
determined by the formula

5(x) = (& - 8) (x/c)

where ¢ is the chord length of the local airfoil section.
The total displacement for a surface update is then the
sum of the two displacements, &§x) and §(x). When
both the upper and lower surfaces are designed simulta-
neously, the displacement magnitudes determined by
relofting are divided between the two surfaces so that
half is added to the lower surface and half to the upper
surface.

The second relofting method uses the same approach
as the first for the aft inverse regions, but modifies the
leading edge region by a proportional thining or thicken-
ing of the surface ordinates. This approach can be
expressed by:

y*lx) =y ) /7 y°

where the j subscript refers to the ordinate at the
direct-inverse junction determined from the linear
relofting of the aft regions. Note that this method will
produce leading edges in the same family of shapes and,
for example, allow the design from a NACA 0012 airfoil
10 2 NACA 0006 airfoil (see Test Case F).

RESULTS

A variety of different test cases were run as
verification of the current design method. These cases
involved both subcritical design and supercritical design
over section geometries selected to test the versatility of
the input and design control logic. In this section results

from three of the more significant test cases will be

presented. The results shown were obtained on 2
medium grid having 8! streamwise, 13 vertical, and 19
spanwise points with 11 spanwise stations and 53 points
on the wing at each station; and in all cases the
maximum change in the reduced potential was reduced at
Jeast three orders of magnitude. Thus, the results do not
represent ultimate convergence but should be represent-
ative of "engineering accuracy”.

The planform selected for the test cases was the
Lockheed Wing A wing-body. The wing for this config-
uration has a quarter chord sweep of 25 deg., 2 linear
twist distribution ranging from 2.28 deg. at the wing
body junction to -2.04 deg. at the wing tip, an aspect
ratio of eight, and a taper ratio of 0.4. The last two
values are based upon the wing without fuselage.
However, instead of the supercritical sections normally
associated with Wing A, the initial airfoil sections at each
span station were assumed to be composed of symmetric
NACA four digit airfoil sections.

* . - » . .
The target pressure distributions used in the design

regions for the first two test cases were selected to yield
airfoil shapes thicker in the aft portions of each section;
and, at supercritical conditions, to yield on the upper
surface weaker and more forward shock waves than those
which would normally occur on 3 NACA 0012 section.
On the lower surface, the target pressure distributions
were selected to have either a favorable pressure gradient
or fairly conmstant pressure plateau over much of the
lower surface.

For the last test case, the pressure distribution was
obtained from analysis solutions of an assumed wing
geometry. The intent of this cases is to verify the
relofting procedures and show the ability of the current
method to make large surface changes in going from 2
thick wing to a thin wing (approximately 12 percent to 6
percent thick respectively).

All cases were for a freestream Mach number of 0.8
and an angle of attack of two degrees. In each case, the
pressure distribution was specified in the design regions
from the 15% local chord location to the trailing edge
and used as the boundary condition in these inverse
regions starting with the first iteration. Normally, three
hundred SLOR iterations were executed prior 1o the first
design surface update calculation; and subsequently,
surface updates were computed every fifty cycles.
Usually, the solution was considered converged and
terminated after 550 total iterations for the first two
cases and, due to the large amount of relofting required,
after 950 iterations for the last case.

Test Case ¢

The inverse design regions for Case C, which was an
attempt to design both upper and lower surfaces on two
noncontiguous regions of the wing at supercritical
conditions, are shown on Figure 8; and a comparison
between the initial pressure distribution associated with
NACA 0012 sections and the target pressures for two
sections is portrayed on Figure 9. As can be seen, the
target pressure distribution essentially eliminates at
inboard stations the upper surface shock wave present on
the original wing; and at outboard stations it weakens the
shock and moves it forward. In addition, significant
changes in the lower surface pressure gradients are
evident. Also shown on Figure 9 are the pressures
computed by the program at the end of the inverse
design procedure (denoted as *design pressures”). These
pressures are in excellent agreement with the target
pressures, which indicates that the method is satisfying
properly the desired inverse boundary conditions.

The corresponding designed airfoil sections for this
case are shown on Figure 10. Even on the expanded
scale, the agreement between the designed and target
surfaces is excellent at all design stations. However,
trailing edge closure was not enforced for this case; and
there is at the boundary stations some departure between
the designed surfaces and the target surfaces near the
trailing edge. It is believed that this slight difference is
a ramification of the change in spanwise slopes near the
trailing edge between the direct and inverse regions.

In any event, the pressure distributions resulting
from an analysis of the designed surfaces shown in
Figure 10 are in excellent agreement with the target
pressures, as can be seen on Figure 11. In addition, the
section lift coefficients at the various design siations are
in very good agreement with the target coefficients.
Based upon these results it is believed that the present
method can adequately design/modify nonadjacent regions
of a wing in transonic flow.
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For this test caseé, it was decided to design two
non-adjacent upper surface regions simultaneously with 2
lower surface region which overlapped the upper zones.
The location of these inverse design regions is shown on
Figure 12. Likewise, Figure 13 compares the pressures
associated with the initial wing sections shapes 10 the
target pressures and to the pressures computed at the end
of the design calculation for three design stations. 1t
should be noted that this case is for supercritical
condition and trailing edge closure is not enforced. AS
can be seen, at stations where only one surface is being
designed (e.8. 50%, and 70%) the pressure distribution on

the fixed surface also changes due o0 three dimensional
hich have been redesigned.

effects from adjacent station W

%\g



However, as depicted on Figure 14, only the design
surfaces change form the original shape; and these
surfaces are in reasonable agreement with the target
profiles.

Finally, Figure 1S compares analysis results obtained
for the designed wing with the target pressures. Even
for this complicated case, the agreement between the two
distributions and between the actual and target lift
coefficients is excellent.
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TEST CASE F

The final test case was selected to demonstrate the
ability of the design methodology to handle two difficult
design tasks. The first task was to change 2 wing from
super-critical to sub-critical, Due to the upstream
dependance of the supersonic flow, this required making
large changes in the leading edge region through the
relofting procedures. The second task was 10 make large
surface changes to the original airfoil without generating
large surface distortions from the accumulation of
geometry calculation errors. The design regions for this
case are shown in Figure 16 where the wing thickness
varied from 12% to 6% between the wing root and 80%
span location and was constant going outward 10 the tip.
T}'me input design pressyres were for a constant 6% thick
wing.

The first attempts at this design used the linear
leading edge relofting procedure and from a practical
standpoint were unsuccessful. The final design surfaces
were still supersonic in the leading edge regions while
satisfying the subsonic aft surface conditions by
producing strong shocks 8t the direct-inverse junction
location. In addition, the surfaces themselves had sharp
surface slope discontinuities at the same location.

When the thining approach was used to reloft the
leading edge, much better solutions were obtained.
Figures 17 through 19 show the changes in pressure
distribution and surface shapes with a comparison of
target 10 designed surface pressures for a few span
sections as in the previous cases. As can be seen.
excellent agreement between target and final pressures
and surface were again atwained for this extreme case.
The only noticeable surface irregularities are 2 small
wiggle at the direct-inverse junction which can also be
seen as a small pressure jump in Figures 17 and 19.
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N JSIONS _AND ESTION.

FQR FUTURE WORK

A direci-inverse wing design method has been suc-
ce.ssfully incorporated into the TAWFIVE transonic
wing-body analysis computer code. The resultant code is
cap?ble of designing or modifying wings at both tran-
sonic and subsonic conditions and includes the effects of
wing-body interactions. A series of test cases have been
presented which demonstrate the accuracy and versatility
of this inverse method.

. Inclusion of viscous effects via the addition of the
wing surface displacement thickness and wake thickness
when performing wing design has been accomplished but
not completely verified.  Additional work will be
required to run a sufficient sampling of test cases for
evaluation of this design mode. The unique problems
associated with viscous design and the effects of the
various viscous correction models avazilable in TAWFIVE
would be the subject of a continuing research effort.

The development and evaluation of alternate methods
of surface relofting are also topics for which continued
resea‘rch is suggested. The current method of relofting
restricts the user to a family of leading edge geometries
}vtjngh can be constructed by the linear rotation of the
initial shape. The option of using other relofting
methods would extend the family of available shapes and
add versatility to the design method.
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Transonic Wing Design Using Inverse Methods
in Curvilinear Coordinates

Thomas A. Gally* and Leland A. Carlsont
Texas A&M University, College Station, Texas

An inverse wing design method bas been developed arousd an existing tramsonic wing analysis code. The

original analysis code, TAWFIVE, bas as its core the pumerical potential flow solver FLOM, developed by
Csaughey and Jameson. Features of the analysis code include & finite-volume formulation, sn SLOR solution
scheme, and & wing and fuselage fitted, curvilinear grid mesh. The development of the inverse method as an ex-
tension of previous methods existing for design in Cartesian coordinates is presented. Resulls are sbown for in-
viscid wing design cases in supercritical flow regimes. The test case seiected also demoanstrates the versatility of
the design method in designing &n entire wing or discontinuous sections of a wing.

Nomenclature
c =chord length
C, = coefficient of pressure
h = Jacobian of coordinate transformation
H = Jacobian matrix
J = transpose of inverse Jacobian matrix
M, = freestream Mach number
P,Q,R  =upwinding terms
Qi Qi = decoupling terms

q = magnitude of local velocity vector

G =magnitude of freestream velocity vector

S =wing surface function

u,u,w = components of physical velocity vector

U V,W =components of contravariant velocity vector
V = contravariant velocity vector

x,)Z = Cartesian coordinate directions

a =angle of attack

¥ =ratio of specific heats

8 =differential operator

8(x) = displacement thickness

6. (x) =displacement thickness due to relofting

A =trailing-edge thickness )

4, =user-specified trailing-edge thickness

€ =decoupling factor

m =averaging operator )

IR K¢ = curvilinear coordinate directions

p = density

¢ =reduced/perturbation potential function

¢ =potential function (@=d+xcosaty sina)

Introduction_

I N recent years, the importance of transonic flight to both
military and commercial aircraft and the development of
specialized transonic wings for several flight research ex-
periments have prompted significant efforts to develop ac-
curate and reliable computational methods for the analysis
and design of transonic wings. Many methods of solution have
been developed, but among those that have shown promise
due to their computational efficiency and engineering ac-
curacy have been those based upon the full potential flow
equations in either their conservative or nonconservative
form.'> The TAWFIVE* code in particular has proven to be
an excellent and reliable analysis tool. This code is based upon

Presented as Paper 87-2551 at the ALAA 5th Applied Aerodynamics
Conference, Monterey, CA, Aug. 17-19, 1987; received Sept. 11, 1987;
revision received Oct. 27, 1987. Copyright © 1987 American Institute
of Aeronautics and Astronautics, Inc. All rights reserved.

*Graduate Research Assistant. :
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the FLO30 finite-volume potential flow method that was
developed by Caughey and Jameson.} Among the features of
FLO30 are its fully conscrvative formulation and its three-
dimensional curvilinear grid. The latter can be fit around any
general combination of fuselage shape and wing planform.
The purpose of the rescarch described in this paper has been
10 develop a wing design method that is based on the existing
TAWFIVE analysis code and is compatible with the existing
computational methods and program structure of that code.
Of the many wing and airfoil design methods available,>* the
inverse method as developed by Carlson,>1° Anderson and
Carlson,! and Weed ct al.}? was selected for use. The current
work extends the previously developed design methods
developed for orthogonal grids to the more generalized cur-
vilinear grid system of TAWFIVE, while also providing
greater design fNexibility and versatility for engineering ap-
plications. These last goals were achieved by the inclusion of
user options for designing cither the entire wing or only
discontinuous wing segments as shown in Fig. 1. The
availability of this option is useful to engineers who are
typically faced with designing around regions where the wing
geometry may be fixed by constraints other than aerodynamic
considerations. :

Wing Analysis Methods
Potentizl Flow Solver .

The inviscid potential analysis of TAWFIVE is per-
formed by the program FLO30 developed by Caughey and
Jameson.>!* For a complete description of the FLO30 code
and its theoretical basis, the reader is referred to Caughey and
Jameson's papers and some earlier developmental work by
Jameson.'15 A brief description is presented here to provide
for completeness and a background for the inverse design
developments that will be discussed in detail.

FLO30 solves the full potential equation in conservative
form that when transformed from Cartesian coordinates to
generalized curvilinear coordinates is ’

(phUN + (pRV) + (phW), =0 1)
where the subscripts denote differentiation with respect to the
curvilinear coordinates £,9,and {. The contravariant velocities

are related to the physical velocities and the derivatives of the
potential function by

U (u ®,
v!=H-' |v]| =(HBEI]|% 2
24 w ) ¢,
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where H is the transformation matrix defined by

Xy Xy X
H={y: », » 3)
e I, %

with n= IHI|. An equation for the local density can be ob-
tained from isentropic relations as

p— Wiy =1
p=[1+"2’M.’,(1-u1-u’—w1)] T (4)

The numerical approach used in FLO30 is a finite-volume
technique. To understand this approach, consider the simple
two-dimensional case represented by the grid system shown in
Fig. 2. The dashed cube shown in the figure indicates the area
element under consideration. The flux of fluid through side
a-b can be approximated by the average of the fluxes at point a
and b with similar results for the side ¢c-d. The net flux in the x
direction for the elemental area centered at grid point i,/ is
then

hU, AU, ) — (ph h
(phU)£=l(p ot p b;AE(p U.+phU,)) ®)

or, in the notation of Caughey and Jameson,
(PhU)g =F.,6( {phU) (6)
where & and up are differentiating and averaging operators in

the indicated directions that are defined as foliows (allowing
Ab=An=Al=1):

Be) i = (Uit wju— Uiy jx) (7a)

e = Wiy +Uimpju )2 (7b)

2) Part of Upper Surface,
Lower Surface, or Both

b) Entire Wing

¢) Multiple Regions

= N

Fig. 1 Possible wing design situations.

J. AIRCRAFT
j+1
J | |
.
L———-b
s O I
i—1 1 i+1

Fig. 2 Finite-volume cell Jocation,

(hea U) jin
=Uispjsna tUisui-ux
+ Uicujena +Uimyj-ni)/4 (7c)

When extended to the other flux components and to averag-
ing over cube surfaces in three dimensions, the numerical
potential equation is of the form

Boyrby (0hU) + 8, (PhV) + gy 8 (ph W) =0 ®

To find the flux quantities phl, phV, and phW at the
finite-volume cell vortices (i.e., points a, b, ¢, and d for the two-
dimensional case), it is necessary to evaluate Eqs. (2-4). The
derivatives in these expressions can be expanded by the same
volume averaging approach used above, thus

Sy =pydy (P) Xp = Ropby (X) (%)
&, =ppeb, () e =hby ) (%)
d’;:l*f.&r(@) EA =I‘,f‘5g (2) (9¢c)

with similar terms for the other transformation metrics. The
above expressions, being centered at grid midpoints, will in-
volve the values at grid points of the potential and grid posi-
tion, which are known from the previous potential solution
and the grid geometry, respectively.

When solving transonic flows, it is necessary to include
some form of supersonic upstream dependence and artificial
viscosity in the solution algorithm in order to account for the
physical nature of the flow and the viscous nature of shock
waves, respectively. Caughey and Jameson introduced
upwinding by the addition of terms into their potential
numerical equations that are only nonzero when the flow is
supersonic. These terms also introduce a numerical error that
has the form of a viscous term. Additional terms are also in-
ciuded to correct a tendency of the flowfield solution to un-
couple between alternating grid points. The final numerical
equation, which is solved by FLO30 when these terms have
been included, has the form

Bat8s (PRU+ P) + 8, (phV+ Q)
+ a8 (Ph W+ R) —€(ppbe, Q, + 16,0,
+ 1y Qr — O3y Quyr /2) =0 (10)
where P, Q, and R are the upwinding terms; Q,,, Q.. Qx.
and Q,,, are the terms reducing odd-even decoupling; and € is

a factor determining the amount of decoupling (typically
¢=0.25).
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Computational Grid Geometry

The computational grid used by FLO30 is a body-fitted,
nonorthogonal, curvilinecar mesh constructed about a
wing/fuselage combination, The number of grid points com-
posing the computational domain is typically 40x6x8,
80X 12% 16, or 160x24x 32 for the number of §, », and {
points in the coarse, medium, and fine grids, respectively. The
grid is conformally mapped to the wing and fuselage surfaces
as can be seen from the plot of surface grid lines shown
in Fig. 3.

The grid is formed around spanwise airfoil sections in a
similar manner in which **C"* grids are mapped to airfoils in
two-dimensional analysis. In addition, each spanwise com-
putational plane is also conformally wrapped about the
fuselage surface and a line extending forward from the
fuselage nose. The reader is referred to Refs. 3 and 13 for ad-
ditional details on the method of grid generation.

An additional set of grid surfaces are generated beneath the
wing and fuselage surfaces and beyond the symmetric plane in
order to aid in the formulation of both the finite-volume
numerical flow equations and the flow tangency boundary
conditions on these boundaries. The grid points composing
the “*ghost’’ surfaces are calculated from linear extrapolations
of the computation grid lines from inside the physical domain.

Boundary Conditions

Since the governing potential equations are written in terms
of perturbations from freestream conditions, the subsonic,
far-field requirement that the flow return to the freestream
velocity and direction is satisfied by setting the perturbation
potential equal to zero on the side and upstream boundaries.
The downstream boundary condition is a ‘“zero’’-order ex-
trapolation of the potential (constant potential assumption) to
the outflow boundaries.

A flow tangency condition is applied along both the wing
and fuselage solid surfaces by setting the normal contravariant
component of the velocity vector to zero on the surfaces. This
condition provides an equation that, when approximated by a
finite-difference expansion about the surface grid points, can
be used to set a value for the perturbation potential on the
“‘ghost”* grid points below each surface. Note that this finite-
difference boundary condition differs in f ormulation from the
finite-volume solution algorithm of the governing equations.
As a result, it would be possible to impose flow tangency using
the finite-difference technique yet still have a slight normal
surface velocity when performing the finite-volume calcula-
tions. Since it is essential to have accurate boundary condi-
tions at the wing surface in order to generate accurate solu-
tions, a second condition is imposed on the wing surface. This
additional condition involves reflecting the flux quantities
calculated by the flow solver for the cell centers directly above
the wing surface to the “‘ghost”’ cell centers beneath. The
reflected normal fluxes then cancel each other out in the
_ residual expression and a net zero flow is obtained through the
surface. Similarly, a zero flux condition is applied at the half-
body symmetric plane, limiting solutions to symmetric, non-
sideslip cases. . S AR .

The trailing-edge slit boundary separating the upper and
lower half planes is not an actual limit to the physical domain
as the other boundaries are, but is simply an artificial bound-
ary created by unwrapping the physical plane into the com-
putational domain. The only conditions that need to be im-
posed at the slit are that the flow velocities, and thus pressure,
be continuous across the cut. The flow potential, however,
will have a discontinuous jump across the wake that is propor-
tional to the sectional wing lift coefficient.

2
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Fig. 3 Surface grid-point geometry.

Inverse Wing Design Methods

As stated previously, a direct-inverse approach to wing
design was selected for incorporation into the TAWFIVE
code. The direct-inverse method derives its name from the
division of the design wing surface into a fixed geometry
jeading-edge region, where flow tangency boundary condi-
tions are imposed, and an aft, variable geometry section where
pressure boundary conditions are enforced. The pressure
boundary where the user-specified pressure distributions are
imposed does not extend forward to the leading edge due to
difficulties of enforcing this type of boundary condition near
the beginning of an airfoil section. This restriction on the size
of the pressure specification region does not seriously reduce
the versatility of the design method since the direct region can
be fairly small (as little as 3% chord), the leading-edge regions
for most airfoils are geometrically similar, and it is relatively
easy to select a leading-edge geometry that will produce the
desired Mach number or pressure values at the beginning of
the inverse region. In addition, specific leading-edge shapes
may be required due to other design constraints such as the
necessity to house a leading-edge flap or slat system.

Pressure Boundary Condition

In the inverse design regions on the wing, a pressure bound-
ary condition will be specified rather than the flow tangency
condition used in analysis zones. In formulating this boundary
condition, it is necessary to relate the user-specified pressure
coefficient C,, to the current perturbation potentials at in-
verse design grid points. Consider the full potential equation
for the pressure coefficient:

S NESTORER) S

where g2 =u? + 12 + w2,

If it is assumed that the pressure coefficient is primarily a
function of the chordwise component of the velocity & and
only slightly affected by the vertical and spanwise components
of velocity v and w, then a stable approximation is made by
time lagging the latter two velocities in the boundary condition
expression. This assumption is true everywhere except near the
leading edge; but since the inverse design boundaries have
already been restricted to regions behind the leading edge, the
simplification is justified. The value of the local velocity # can
then be calculated from the above expession in terms of the
desired pressure coefficient and the current values for the ver-
tical and spanwise velocities. In addition, the velocity ¥ can
also be calculated from the perturbtion potentials using the
relations of Eq. (2). Defining Jj; to be the elements of the in-
verse transpose of the Jacobian matrix H, the two equations
for u yield:

1

T -DM2

1=1
(257
w

— cosa (12)

Ingg + Jiady + Juadp =

(@) ()

a3
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Since the spanwise and vertical flow velocities have already
been assumed to be constant in the boundary condition rela-
tion, it is consistent to make the same approximation in the
above expression with respect to the spanwise and vertical
derivative terms ¢, and ¢;. This assumption is similar to the
previous one, and leads to an explicit expression for the poten-
tial at one point.

The finite-difference approximation used involves expand-
ing the derivatives of the potential about the midpoint i — 14, J,
k. The ¢ derivative is determined by a central difference in-
volving the preceding and following grid point values, The ¢
and { derivatives are found at the midpoint by averaging the
derivatives from the preceding and following grid points
found by three-point-backwards and central-difference ap-
proximations, respectively. Figure 4 shows the point
dependence and pressure specification point for this method.
The resulting numerical expression obtained with these finite
approximations is:

T el =)
+ 0 [3(0 + 00y a) = 4L 14+ S io1k)
+ Ol aut i yo2a)/4

+ 3 ks B0 1yker — Sk — Sy pa1 ) /4

=F(Cp.i— Wik ) (13)
Here,the superscripts n and n + 1 refer to current values of the
potential and the new values of the potential being imposed by
the boundary condition, respectively. Also, the term
F(C,,i- wx) is the right-hand side of Eq. (12) evaluated using
the pressure coefficient specified at point i — 14, k. Solving
the above expression for the potential at point i,j,& yields

1
[ I S
Lk Ju+%Jy,

—J1a {3071 e —4(d 4 +oM jo1k)

i1k

+Ol_zat Py i—2u]/4
=~ (ke Ok r1 — Pk

a1 Y A+F(Cpi_yus)} (14)

The potential values at 2+ 1 in the direct region are known
initially since they do not change when the inverse boundary
condition is applied; i.e., ¢"*! =¢”. All the potentials on the
inverse boundary can then be calculated and, since the span-
wise and vertical derivatives are small, will primarily be func-
tions of the pressure coefficient at grid point i~ % and the
value of the potential at grid point i—1.

O Known Potential Values {lagged)
. Unknown Potential Value (updated)

> Pressurs Specification Puint

Fig. 4 Point dependence and location.
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Surface Caiculations

As the inverse boundary conditions drive the flowfield to a
converged solution, it is necessary to calculate periodically the
location of the new displacement surface and to regenerate the
computational grid about this new geometry so that the
pressure boundary surface will correspond to the physical
boundary surface being designed. Each new surface is found
relative to the previous surface from an integration of the wing
surface slopes. The surface slopes are calculated from the cur-
rent flowfield solution using the flow tangency boundary con-
dition, which in curvilinear coordinates is

VixvS=0 (15)
Note this condition, with the gradient in the curvilinear plane,
is a direct analog 10 the same condition expressed in the
physical plane. :

A more useful expression can be obtained by expanding the

| 4

above equation to:
an ) W [ an )
ot /wing U U ay / wing

This expression can be solved for the new chordwise airfoil
slope 3n/9¢ if the current values of the spanwise slope an/8{
are used. Since the wing surface is represented in the computa-
tional grid as a plane of constant 5, the current slopes on the
wing surface equal zero and a simplified flow tangency condi-
tion results:

(16)

(39/3%) wing = V/U 17

The above expession has been applied to the computational
surface plane in order to find the relative location of the new
physical surface. This approach is an approximation, since the
above equation is only exactly true when applied to the new
surface itself. Using this method, however, provides for a
stable iterative surface updating procedure that quickly con-
verges® 1o the target surface.

To calculate the relative surface slopes, it is first necessary
to determine accurately the values of the contravariant
velocities, U and V. As was aiso determined by the work of
Weed et al.,' a simple finite-difference calculation of these
velocities is not sufficiently accurate. Borrowing from Ref. 12,
a more accurate method was implemented that uses the
residual expression to calculate the velocity ratio V/U, under
the assumption that the residual is zero at the surface points.
The residual expression from FLO30 can be written in finite-
volume form as

asBe (PRU) + puped, (0hV) + igydy (R W)

+ (other terms) =0 (18)
The‘*other terms’’ in Eq. (18) involve the grid point coupl-
ing and upwind dependence terms of the formulation and are
assumed to be constants in the following development.
The desired velocities can also be written in this finite
volume form as:

V—

U

phV
phU

Hinp (phV)
Kot (ohU)

By simple manipulations, the normal velocity can be ob-
tained from the residual expression as

(19)

2y (ORV) =2p (0h V), _y — 18 (phU)
— Kiy8; (ph W) — (other terms) (20)

where the subscript 5 — 1 refers to the values at grid cell centers
above the wing surface.
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Fig. § Comparison of slope calculation methods.

In order to use Eq. (20) to find the desired surface velocity
ratio, it is necessary to know the U and W velocity com-
ponents at the *‘ghost”’ cell centers below the wing surface.
These values can be obtained in a manner consistent with
FLO30 by specifying the “‘ghost”* cell values to equal the
values at corresponding points immediately above the wing
surface. A comparison of the accuracy of both the finite-
difference approach and residual approach is shown in Fig. 5.
The calculated displacements are for a converged analysis
solution for which the calculated slopes should, of course, be
zero.

With the contravariant velocities known, an integration of
Eq. (17) in the chordwise direction £ from the start of the in-
verse region to the trailing edge yields a set of surface
displacements for the new wing surface relative to the previous
one. These displacements are expressed as changes in the com-
putational coordinate 7 and are converted to surface
displacements in the physical plane &(x) via the local grid
transformation. The physical plane displacements are coinci-
dent with the computational grid points in the inverse regions.
To obtain the corresponding displacements at the original
geometrical locations specified in the program input data, 2
linear interpolation of the above data is performed. Finding
the displacements at the original geometry stations permits the
calculation of the new wing airfoil sections at the same
semispan locations.

Trailing-Edge Closure

The procedures outlined above will compute a wing surface
corresponding to a given, fixed, leading-cdge geometry and to
a desired set of pressure distributions in the inverse regions.
The above procedures do not, however, guarantee that this
wing geometry will be practical. In particular, past experience®
has shown that inverse surface calculations may yield airfoil
sections that have either excessively blunt trailing edges or
_ which, at least numerically, have the upper and lower surface
" crossed at the trailing edge (“‘fish tailed”’). The former case is
undesirable due to aerodynamic considerations, while the lat-
* ter is physically impossible and may produce unpredictable
problems in the grid generation or flow calculation portions of
FLO30. S

Since for any specified pressure distribution the correspond-
ing wing surface will be controlled by the leading-edge
geometry, which serves as an initial spatial boundary condi-
tion for the inverse region, the problem of assuring trailing-
edge closure can be viewed as the proper selection of a leading-
edge shape. A procedure for systematically modifying the
leading-edge region in order to achieve some desired trailing-
edge thickness is called relofting. Such a relofting procedure
has been incorporated into the present design process in order
both to prevent the problems of trailing-edge crossover and to
allow the user the option of specifying a trailing-edge
thickness as an additional design variable. This design feature
should be very useful in practical applications since it

TRANSONIC WING DESIGN
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automates the iterative selection of a leading-edge shape that
would otherwise have to be performed by the user.

Two methods of relofting can presently be selected. The
first method is a simple linear rotation scheme. This method
can be visualized with the help of Fig. 6. The dashed line in-
dicates the original leading-edge geometry and a hypothetical
new surface shape that has been calculated for the inverse
design regions. Without modification, this new surface has a
trailing-edge thickness of A. If 2 thickness of A, were specified
by the user, then the surface would have to be relofted or
changed. In the present scheme, in order to obtain the desired
thickness, a displacement thickness 8, is added to the current
design surface. This thickness has a distribution from the
leading to the trailing-edge and is determined by the formula

5.(x) = (A, —4)(x/c) @n
where ¢ is the chord length of the local airfoil section. The
total displacement for a surface update is then the sum of the
two displacements (x) and 5. (x). When both the upper and
lower surfaces are designed simultaneously, the displacement
magnitudes determined by relofting arc divided between the
two surfaces so that half is added to the lower surface and half
to the upper surface.

The second relofting method uses the same approach as the
first for the aft inverse regions, but modifies the leading-edge
region by a proportional thining or thickening of the surface
ordinates. This approach can be expressed by:

yHix) =}';“[}"'(X)/)’}'] (22)
here the j subscript refers to the ordinate at the direct-inverse
junction determined from the linear relofting of the aft
regions. Note that this method will produce leading edges in
the same family of shapes and, for example, allow the design
of an NACA 0006 airfoil when starting from an NACA 0012
airfoil (see test case II).

Results
A variety of different test cases were run as verification of

" the current design method. These cases involved both sub-

critical design and supercritical design over section geometries
selected to test the versatility of the input and design control
logic. In this section, results from two of the more significant
test cases will be presented. The results shown were obtained
on a medium grid having 81 streamwise, 13 vertical, and 19
spanwise points with 11 spanwise stations and 53 points on the
wing at each station; and, in all cases, the maximum change in
the reduced potential was reduced at least three orders of
magnitude. Thus, the results do not represent ultimate con-
vergence but should be representative of ‘*‘engineering
accuracy.”’

The use of the medium grid for the design cases shown in
the following was dictated by computational cost and time.
Fine grid solutions for these type geometries have been ob-
tained but are not significantly different from the medium grid
results except for a generally smoother shape. Use of the fine
grid in design is necessary, however, when the airfoil sections
involved are aft cambered, since a higher grid-point resolution
is needed in the trailing-edge regions.

The planform selected for the test cases was the Lockheed
wing A wing-body. The wing for this configuration has a
quarterchord sweep of 25 deg, a linear twist distribution rang-
ing from 2.28 deg at the wing body junction to —2.04 deg at

Original Design Surlace/

&)
=
Relofted Surface —ijf_?—
t

Fig. 6 Trailing-edge thickness adjusted by relofting.
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the wing tip, an aspect ratio of 8, and a taper ratio of 0.4. The
last two values are based on the wing without fuselage.
However, instcad of the supercritical sections normally
associated with wing A, the initial airfoil sections at each span
station were assumed to be composed of symmetric NACA
four-digit airfoil sections.

The target pressure distributions used in the design regions
for the first test case were selected to yield airfoil shapes
thicker in the aft portions of each section and, at supercritical
conditions, to yield on the upper surface weaker and more for-
ward shock waves than those that would normally occur on an
NACA 0012 section. On the lower surface, the target pressure
distributions were selected to have either a favorable pressure
gradient or fairly constant pressure plateau over much of the
lower surface.

For the second test case, the pressure distribution was ob-
tained from analysis solutions of an assumed wing geometry.
The intent of this case is to verify the relofting procedures and
show the ability of the current method to make large surface
changes in going from a thick wing to a thin wing (approx-
imately 129% to 6% thick, respectively).

Both cases were for a freestream Mach number of 0.8 and
an angle of attack of 2 deg. In each case, the pressure distribu-
tion was specified in the design regions from the 15% local
chord location to the trailing edge and used as the boundary
condition in these inverse regions starting with the first jtera-
tion. Prior to the first design surface update calculation, 300
SLOR iterations were executed and, subsequently, surface up-
dates were computed every 50 cycles. The solution was con-
sidered converged and terminated after 550 total iterations for
the first case and, due to the large amount of relofting re-
quired, after 950 iterations for the second case.

Test Case 1

The inverse design regions for case I, which was an attempt
to design both upper and lower surfaces on two noncon-
tiguous regions of the wing at supercritical conditions, are
shown in Fig. 7. A comparison between the initial pressure
distribution associated with NACA 0012 sections and the
target pressures for two of the designed sections is portrayed
in Figs. 8 and 9. As can be seen, the target pressure distribu-
tion essentially eliminates the upper-surface shock wave pre-
sent at inboard stations of the original wing; at outboard sta-
tions, it weakens the shock and moves it forward. In addition,
significant changes in the lower-surface pressure gradients are
evident. Also shown in Figs. 10 and 11 are the pressures com-
puted by the program at the end of the inverse design pro-
cedure (denoted as *‘design pressures’’). These pressures are in
excellent agreement with the target pressures, which indicates
that the method is satisfying properly the desired inverse
boundary conditions.

The corresponding designed airfoil sections for this case are
shown in Figs. 10 and 11. Even on the expanded scale, the
agreement between the designed and target surfaces is ex-
cellent at all design stations. However, trailing-edge closure
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was not enforced for this case, and at the boundary stations
there is some departure between the dsngned surfaces and the
target surfaces near the trailing edge. It is believed that this
slight difference is a ramification of the change in spanwlse
regions. )
In any event, the pressure dxstnbuuons resulting from an
analysis of the designed surface shown in Figs. 10 and 11 are in
excellent agreement with the target pressures, as can be seen in
Figs. 12 and 13. In addition, the section lift coefficients at the
various design stations are in very good agreement with the
target coefficients. Based on these results, it is believed that
the present method can adequately design/modify nonadja-
cent regions of a wing in transonic flow.
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Test Case 11

This test case was selected to demonstrate the ability of the
design methodology to handle two difficult design tasks. The
first task was to change a wing from supercritical to sub-
critical, which is both a typical engineering task and a signifi-
cant problem for wing design algorithms. The second task was
to make large surface changes to the original airfoil without
generating large surface distortions from the accumulation of
geometry calculation errors. Due to the upstream dependence
of the supersonic flow, this required making large changes in
the Jeading-edge region through the relofting procedures. The
design regions for this case are shown in Fig. 14, where the
wing thickness varied from 12 to 6% between the wing root
and 80% span location, and was constant going outward to
the-tip. The input design pressures were for a constant 6%
thick wing. ' i '

The first attempts at this design used the linear leading-edge
relofting procedure and from a practical standpoint were un-
successful. The final design surfaces were still supersonic in
the leading-edge regions while satisfying the subsonic aft sur-
face conditions by producing strong shocks at the direct-
inverse junction location. In addition, the surfaces themselves
had sharp surface slope discontinuities at the same jocation.

When the thinning approach was used to reloft the leading
edge, much better solutions were obtained. Figures 15-26
show the changes in pressure distribution and surface shapes
with a comparison of target to designed surface pressures for a
few span sections as in the previous case. As can be seen, ex-
cellent agreement between target and final pressures and sur-
face were again attained for this extreme case. The only
noticeable surface irregularity are a small wiggle at the direct-
inverse junction that can be seen as a small pressure wiggle in
the pressure plots.
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Conclusions

A direct-inverse wing design method has been successfully
incorporated into the TAWFIVE transonic wing-body
analysis computer code. The resultant code is capable of
designing or modifying wings at both transonic and subsonic
conditions and includes the effects of wing-body interactions.
A series of test cases have been presented that demonstrate the
accuracy and versatility of this inverse method. Additicnal test
cases and results are also presented in Refs. 16 and 17.
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A Direct-Inverse Trensonic Wing-Design Method
in Curvilinear Coordinates Including Viscous-Interaction

Robert R. Rateliff § and Leland A. Carlson!
Texas A&M University, College Station, Texas

Abstract
Progtess in the direct-inverse wing design method in curvilinear
coordinates has been made. A spanwise oscillation problem and pro-

posed remedies are discussed. Test cases are presented which reveal the

approximate limits on the wing’s aspect ratio and leading edge wing
sweep angle or & successful design, and which
spanwise gnd skewness, grid refinement, viscous interaction, the initial
airfoil section and Mach number - pressure distribution compatibility
on the final design. Furthermore, preliminary results are shown which
indicate that it is feasible to successfully design a region of the wing
which begins aft of the leading edge and terminates prior to the trailing
edge. .

Introduction

With the advent of efficient numerical schemes that accurately
model the irroiational transenic flow about complex configurations such
as wing-bodies and the appearance of computers with memory capac-
ities and computational speeds necessary to execute these schemes in
o reasonable amount of time, the efficient design of wings for tran-
sonic flight is quickly becoming a reality. Although transonic potential
schemes combined with integral boundary layer solvers may not model
the real flowfield as accurately as Euler or Navier Stokes Schemes, their
use can significantly reduce the costs and time expenditures associated
with transonic wing design.

Many methods ranging from optimization techniques’=? to var-
ious inverse methods have been formulated using potential solvers to
design wings in transonic flight>~ 12, One such method, which has been
under development at Texas A&:M University for the last several years,
is the direct-inverse transonic wing design method. In this method the

show the significance of’

airfoil sections making up the wing are created by specifying desired -

pressure distributions over all or part of the wing aft of the leading edge,
solving via finite-difference or finite-volume techniques the mixed Neu-
mann and Dirichlet boundary value problem associated with the full
potential equation for compressible flow, and then integrating the fiow
boundary condition at each spanwise station in the design region. The
design pressure- distributions can be selected by an experienced user
to have such desirable characteristics as mild or nonexistent shocks, 2
slowly increasing adverse pressure gradient, a center of pressure giving
a desirable pitching moment, or an efficient spanwise loading. The de-
signer may also use wind tunnel tests of successful airfoils as an aid in
picking & desirable pressure distribution.

The dirsct-inverse technique has been successfully used in a
stretched and sheared cartesian system®® and more recently in s

curvilinear system.®~!* This paper presents progress in the latter. It’

will include a brief description of the analysis and design methods,
techniques used to suppress a spanwise oscillation problem resulting
from the interaction of the design method with the potential solver, and
_ aseries of Lest cases. The latter will reveal the lack of dependency of the
wing design on the initial airfoil section, the importance of including
viscous effects in wing design, and constraints due to aspect ratio, wing
sweep and spanwise grid skewness. ’ s -

Backgrouna .

FLO30

The original computer program, which was modified intially by

Gully®=1! for inverse wing design, is TAWFIVE!*13, This program
not only has the capability of computing the potential flowfield about
& fairly gencral wing and fuselage combination, but also contains a
three dimensional integral boundary layer scheme which provides the
necessary viscous effects in the form of the boundary layer displacement
thickness, wake curvature and wake thickness'>.

t Graduale research assistant
1 Professor of Acrospace Engincering, Associate Fdlow ATAA

The inviscid numerical scheme is based upon Jameson and
Caughey’s conservative, finite-volume, full potential flow solver,
FLO30, in which computations are performed ona body-fitted, sheared,
parabolic, wind-tunnel type coordinate system. The theory behind this
code will only be briefly discussed here, but further details can be found
in Refs. (14-18).

FLO30 solves the compressible potential flow equation in conser-

vative form written in curvilin_eu coordinates
(phU), + (phV), + (P W), =0 (1)

where the nondimensionalized physical velocities, v, v, w are related to
the gradient of the reduced potentia! function, ¢, by

(5)-e (&) (%)

and the nondimensionalized contravariant velocities U, V, W are related
to the physical velocities by ‘

&)

U
v

(B0

Here H is the transformation matrix defined as

¢
H=| y
b3

The local air density normalized by the freestream density can be:
obtained in terms of the local speed of sound from the energy equation
and isentropic relations as :

()

]
Yo
zq

R
w
X

) with  h =[H| (4)

p = (6Mp)™ (9
an.d the local speed of sound normalized by the freestream speed, gooy!
can be calculated in terms of the pondimensionalized speed of sound at:

1
i (2 ()

oo 2
Flo30 uses a finite-volume type scheme which makes use of 2 staggered
box approach. Its formulation is directly analagous to the control
volume approach used to derive the original PDE in Eq. (1), except
in the finite-volume scheme, the discrete nature of the finite difference
model is considered from the onset by using & finite control volume in
the neighborhood of & grid point in the finite-difference mesh!®. This
method is best explained by using it to discretize the following two-
dimensional, incomptessible version of Eq. (1) written in cartesian
coordinates: :

stagnation, a,, using

(6)

_ ) u,+v,=0

with the aid of the two-dimensional box shown in Fig. 1. As can be seen,
from the figuze, the staggered bax scheme derives its name from the
way in which the primery and secondary boxes interlock. The values ofi
the potentials at the four grid points which make up the corners of each:
primary box are used to calculate the velodities, u, v, in the following
manner: ° R \

v =gy =Fy6=¢ (S)
v = ¢y =l"=6y¢
where u and § are averaging and differentiating operators respectively

and are defined by Jameson as:

x30
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pef = 'l..’ (f.+§_; +].-§J)
6:f = I.#*J - [I—i.)

()

where it is assumed that Az = 1. Therefore, the velocity, u, for

instance, at the primary box center located at i+ %,j + %) is found by

u:+§g+§ =(Py5:'¢)-+l,.;+§

{binrg — b (bisr+1 = $uj+
- 2

) (19)

The flux at the midpoint of each secondary box is determined by
averaging the velocities, u and v, at the corners of that box in the
y and z direction respectively; and the net flux into the secondary box
at (i, ) is obtained, giving the discretized version of Eq. (M) :

“"yér (u) = peby (v)=0 (11)

where for example

(“-’+§.J-§ = -1 T hela+l ""-’-%.j‘{)
(;Lyé,.u)m = r (12)

In the previous discussion, the implicit assumption was made that the
_ velocity varied in 2 linear fashion between primary cell centers so that
the fiux into the top of the seconday cell face would be, for instance:

it aed 21 ed Vich i+l T Vitlatd
LS BT H b+t Litd .
[ e [ abe

+'v.-_§_j+§di : (13)

Viodj+d + Y415+ )
il L0 SRR
2

Jameson and Caughey?® found that lumping the fluxes at the primary
cell centers led to an uncoupling of the solution between adjacent grid
points. Therefore, he added some compensation terms which basically
extrapolate the fiuxes from the corners of the secondary cell to 2
distance, ¢, towards the midpoint of each secondary cell face. For
example, given 8n ¢ = .15 the fiux, u, at the corresponding grid location

(i+ %.J'-i- %) would be

du
Uiy 4l SUigljed T .25 (—-) (14
+1+d T Uisla+d 59) ayutd )

where

(au ) =bay (B)iry g+l (15)

aVi+§.j+§

When all the fluxes ate extrapolated in this mannet and included in
Eq. (11), the result is
}‘-yysxx¢ + l‘xxayy¢ - '256::yy¢ =0 (16)
1f the same procedure is applied to 2 three dimensional flowfield in
" curvilinear coordinates, the discretized full potential flow equation
becomes

pncbe (PhU + P) +ps¢cba (PRV + Q) + nenbc (PRW + R)

. T 8ene@ (a7
-t (“(6(nQ(v+l‘£5w(Qﬂ( +pnbceQee = “ 2 M) =0

where the Q's are the compensation terms defined as

Qen = (A¢ +Aq)l"(5€n¢

Q¢ = (Aa + A pebacd

Qe = (Ac + Ag) pabeed

Qe = (Ag + An + A¢)benc?
A¢, Ag, A¢ Bre influence coeflicients which compensate for the depen-
dence of p on ¢, &y, ond ¢ PQ, and R are upwinding terms
which desymmetrize the scheme in supersonic zones and exclude un-

real, discontinous expansions from the solution by providing an arti-
. ficial viscosity. This equation, solved via SLOR, is of course a direct

(18)

® 3l

statement of the conversation of mass and should tend to zer0 as the
solution converges.

As mentioned carlier, & body-fitted, wind tunnel-type grid is used
in FLO3O. The grid shown in Fig. 2 is the coarsest mesh and has 40 x 6
x 8 points in the §, 0, and ( directions respectively. With this grid, the
wing becomes a constant 1 surface, and each cylindrical looking shell
is & constant { surface. Constant € lines can be seen running spanwise
on the wing st constant chord fzactions from the leading edge. Notice
also, due to the conformal transformation used!?, that constant £ lines
are packed close to the leading edge of the wing. This clustering is
an afltractive feature when designing airfoil sections using the direct-
inverse approach. Moreover, constant { lines are spaced evenly on the
wing and, on the finest mesh, give the designer up to 21 spanwise
stations where the pressure distributions can be specified.

The flow tangency boundary conditions are enforeed by reflecting
the fiuxes above the surface to ghost points below the wing, fuselage, or
symmetry plane such that the net out of plane component of the flux is
zero at the surface.

Inverse Desigp Method
In the direct-inverse method a pressure boundary condition is
enforced in the design region rather than flow tangency. As shown by

Gally®19, the input pressure coefficient can be written in terms of the
freestream Mach number, Moo, and the local velocity , g, as

2 .7_1 ’( q: ) .,—:T
Cr=—7" 14— Mg {1 ——=— -1 9
Ly YE “ 2 P (19)

where ¢° = (v} + v + v, - )
Solving for u in Eq. (2) and Eq. (19) and then equating the two
results gives

Tude + 12y + J12d¢ =

1
Pt | Sy
2 ALC\ T °
1= 5= s [(1 + = ) - 1] (20)
3 - cosa

1+ (2) +(2)

-1
where J;; are the elements of (HT)

A potentisl, ¢; 5, can be found in terms of the pressure coefficient
by applying Eq. {20) at the grid point ocation (i - lz,j, k), and then
using central differences in the ¢ and ¢ direction and second order
backward differences in the normel direction, 7, yielding

n 1 n
" =710, Ju{] 180 1kyk
4

Jia
“—:— [395?— rigk = 4 (Blay-1a T Frrby-1k)

+ g2k T Pt ey 1,&]

J13 "
ey (F2agker T Eir by a1~ Sray k-1~ ¢?-1.hy,x-1)

+F (C, .-_§|,,)}
(21)

where F (C’ i-l.i) is the right hand side of Eq. (20) and j = ky on

the wing's surface.

Since the grid is boundary conforming, the wing sections in the
design region must be updated every so often by integrating the flow -
tangency condition written in curvilinear coordinates

"’_") =K-‘_“’_("’_’Z) 22
(35 Gy k U U \3(/sayn @2)

The integration of this equation can be handled in two different ways.
1f the spanwise term, %%, is lagged one global iteration, it will always

be zero since upon the creation of & new grid, &ll derivatives of n with
respect to the § or{ direction vanish on the wing's surface; and, Eq. (22)

reduces to
)™ ()
v = | = (23)
(8{ iky,k U /iy .
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The othet approach would be to integrate Eq. (22) iteratively. If
the contravariani velocities are frozen at their current values, and
the spanwise terms are initially assumed to be zero, Eq. (23) can be
integrated (o find the apptoximale inverse changes An. These can
then be used to find approximations to the spatial spanwise derivative,
%%. These can then be included in Eq. {22) to provide & better
approximation to the flow tangency equation, and the process can
be repeated using Eq. (22) until the spatial derivatives are converged.
Numerical experiments reveal that the spanwise terms are at least two
orders of magnitude smaller than the chordwise terms prior to the
creation of the new grid. Hence, the spanwise terms can be normally
neglected.

The contravariant velocity, V, can be obtained most accurately
from the residual expxession"“’. Combining the previously defined:
averaging and differencing operators ’

b PRV )i aya = % (("”V)i-"!r‘t'!-k + (PM,)'-"'-N) (24)
én (th).,h,,u = ((th)i.h,—g.h - (th)|.hy+§.k) (25)

yields
by PV )iaya = 2RV )ingma = 20 PPV Doy (26)

Substituting this into the residual expression, Eq. (17), and solving for
the out of plane flux, phV/, on the wing surface yields

2nenc (PRV Yiay,k =timcbe (PRT ), uy 0 + 2hc (P’IV.-,»,,__;,:.)
+ pgnbc (PAWi kya) (21

+ compensation and upwinding terms

Since at convergence the flow should be tangent to the designed surface,
the tangency condition is enforced in the residual expression, Eq. (17),
by setting

(Ph1 Ninye1a = —(PRY)ay_10 (28)

Since the resulting expression is identical to the RHS of Eq. (27), the
expression for the normal fiux becomes

Residual

2.0

(29)

Heng (th).‘,ky_k =

Note that since the residual obtained in the iterative process is not
initially zero in the design region due to the application of the inverse
boundary condition, Eq. (29) reveals that there will be an ejection of
fluid from the wing boundary.>%33 No attempt was made in the present
iterntive scheme to account for this temporary addition of mass into the
flowfield, since at convergence it would be negligible. Upon substitution
of Eq. (29) into Eq. (23) and using the cell averaged flux phU on the
surface, the equation for the required slope change becomes

an _V _ pgac(phV) _ _Residual
3~ U penclphU)  2meac (phll)

(30)

The changes normal to the surface at each spanwise station are obtained
by integrating from the beginning of the inverse region to the trailing
edge using the trapesoidal rule. (Higher order integration schemes were
tried but had little effect on the final answers, except for coarse grids
in regions of high curvature such as the cove tegion of 8 supercritical
airfoil.) Asseming thet the grid line leaving the wing in the 5 direction
is normal to the wing, these changes, A7, are then converted from
computational Lo physical units by scaling them by the transformation
metrics such that

az?®  ay’®
Al = An 5§+a—:', (31)

After subtracting the boundary layer displacement thicknesses from
the inverse corrections, Al, which have been lineatly interpolated to
the user defined input stations, the resulting changes are added to the

%32

initial airfoil sections yiclding the new wing surface for the current time
level.

Many times, the trailing edge thickness may be too large if the
leading edge curvature is too small or may be ‘fish-tailed’ if the leading
edge curvature is too large. These undesirable situations are remedied
by » procedure called relofting where the designed surface is rotated
about the leading edge to meet a specified trailing edge ordinate.34.30:3!
This relofting procedure®~ 1! is usually carried out for every surface
update. To illustrate the ptevious procedures, the first global iteration
of & 1ypical design before and after relofting is shown in Fig. 3.

Spanwise illatio

An annoying divergent spanwise oscillation problem sometimes
occurred when designing & wing which required extensive relofting,
especially when the initial section was thinner then the target. This
oscillation led to sections which were too thick or too thin at adjacent
constant ( grid stationr. An example of this phenomenon is shown
in Fig. 4. This problem was more pronounced when the sweep was
increased or the aspect ratio was decreased. After many failed attempts
at remedying this problem by reformulating the inverse boundary
condition, sttention was directed towards the residual and the terms
composing it. The residual was broken into its components and plotted
after each surface update. Sample plots for & divergent case are shown
at four difierent time Jevels in Fig 5. As can be seen, the compensation
terms that include spanwise derivatives of ¢ are al first very small

"compared to the rest of the terms, but later tend to dominate and

amplify the oscillation. This oscillation starts at the direct-inverse
interface or, in other words, at the first spanwise station from the root
in the design region and propagates spanwise as a demped oscillation

" with a period of two grid spacings. Presently, it is believed that the

initia] mismatch in the potentials at the direct-inverse interface in the”
spanwise direction is amplified by those compensation terms which
include spanwise derivatives of the potential function. The residuel
is then undershot and overshot on alternating spanwise stations. This
oscillation is further magnified by relofting, which creates a section
that is too thin when the slopes defined in Eq. (30), which of course are
directly proportional to the residual, are 100 large and vice-versa. Since
more or Jess fluid has to be cjected from the section that is too thin or
thick respectively to give the streamline epproximately corresponding
to the correct target section, the potential field at each design station
is 1eken further away from the adjacent fields by the inverse boundary
condition which forces an even further undershoot or overshoot of the

residual. It should be noted that this problem is not soley due to the
implementation of the direct-inverse technique since this oscillation has
not been observed with the ZEBRA design code?*, but seems to be
unique to the coupling of the method with the analysis code, FLO30.
After exploring many alternatives to counter this problem, four
methods have been developed to damp out the spanwise oscillation:
A) Specify the inverse boundary condition at at least every other
spanwise station and linearly interpolate the inverse displacements to
the stations lying in between. This has been named the type 11-2

method. .
B) Specify the inverse boundary condition at every station, but

agsin only calculate inverse changes at every other station and linearly
interpolate the inverse changes to the stations in between. This will be
referred to as the type II method. )

C) Immediately priot to every surface update, calculate all span-
wise derivatives of the potential used in the residual based upon & poten-
tial function smoothed in the spanwise dizrection. This is accomplished
by fitst defining the smoothing operatot o¢ 8s

of = %fk—l + (1 - -;') et %fun. (32)

where ¢ determines the amount of smoothing. Then using ¢ in the
spanwise differentiation’of ¢ with the maximum amount of smoothing

(e, e=1)
aé)
oe = o6
(a( " o¢bed

0<e<1

(33)

“the smoothed spanwise derivative of ¢ becomes

($)isms = ($ijraz — bt ':'zi.j,k#l - dijr-1) (34)
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AY - . T . results offirm the need for smoothly varying grids in wing design, at
D) Smooth the slopes, E’_'T' in the spanwise direction ine the design least in the spanwise direction. It should be noted though, that if the
region in the same manner as method C. (Note: Smoothing the  jnput pressures were obtained on a skewed grid and used in the design
integrated slopes, i. the inverse corrections, did mol suppress the  process with & skewed grid that the tip sections were well resolv.ed. In
oscillation but only slowed the rate of divergence.) summary then, if the pressures calculated on an unskewed grid are

Results are shown in Fig. 6 for the four different approaches.  correct or are closer to real pressures enco.un.lered in transonic !hght,
The wing wts designed inviscidly on s medium grid (80x12115) using then it would be wise to ensure that the grid is as smoothly verying as
as a tlarget, Lockheed Wing-A, at an angle of attack of two degrees possible.

4 a Mach number of 8. A NACA 0012 section wes used as the
in:ilis sec:‘i:on';: the entire design region, which stretched from 30-70% ______J____———E——-—-B‘—'““d‘" Lever and Wake Effects

semispan and began 5% aft of the leading edge and extend.ed to the One of the objectives of this study was to determine the sig-
trailing edge. Although all four approaches wotked well for this case, by nificance of various viscous effects in the design of transonic wings'®.

using the RMS of the errors, shown in Fig. T, between the target andthe o giudy these effects, an input pressure distribution was obtained by
designed sections as 8 measure of goodness, method A and C produced  ;jvzing Lockheed wing-A using full viscous effects, which included
the best results in the interior as well as at the edges of the design boundary layer displacement (hickness, wake thickness and wake cur-
region. On the other hand, for the same number of flowfield iterations, vature. The flight Mach number of .8, angle of attack of two degrees and
method D produced the most unsatisfactory results when compared Reynolds numbet, Re, of 23 million used in the snalysis were thought
to the tasget sections. The effect of each spproach on the residual at to be representative of true flight conditions for & typical, sverage-sized
the trailing edge ofter 10 surface updates can be seen in Fig. 8. The  {r.nsport. This distribution was considered to be typical of a pressure
discontinuities in the residual for method A is due to the fact that distribution which would be evailable to and desired by a designer. All
the inverse boundary condition is applied only at the 30, 50 and 70?’/’0 computations were performed on & fine (160x24x32) prid.
semispan locations. All four spproaches have a characteristic jump in This pressure  fstribution was then soed in three cases. In the
the residual at the first spanwise design station at 30% semispan. This frst case, the wing was designed inviscidly. In the second case, the
is probably due to the previously discussed spanwise mismatch problem win wu'designed § thout the wake options but included the boundary
with the potentials at the direct-inverse interface, which manifests itselfl dispglaccment hickness effects. “and in the third case, o1l viscous effect
in the compensation terms. . were used in the design of the wing. The design region for all three
An entite wing was lso designed with the four methods (not cases extended from 30-70% semispan and began 10% aft of the leading
shown); and, it was discovered that the smoothing epproaches {methods edge of the irfoil. However, the inverse pressure design boundary
C and D) work well when designing in the interior of the wing, but did condition was only enforced at the 30, 50 and 705 semispan stations;
not give satisfactory results at the root or at the tip of the wing where and, the displacements were lineatly interpolated to the design stations
smoothing the quickly varying potential functions Jeads 1o large errors in between. The initial airfoil section at 50% semispan was formed by
in the residual. In contrast, the type 11 and type 11-2 methods work lh'\nnin.g the supercritical target section by 6% and removing the cove
well on the entire wing surfoce. s region. The initial sections at the edges of the design region were the
In summary, each method mey have certain advanteges in differ- same as the targel sections while the remaining initial design sections
ent design situations. For instance, metheds C and D give the designer were obtained through ]ine,ar interpolation.
the most flexibility; the desired pressure distributions can be imposed The results for these cases ate presented in Fig. 12. Neglecting
st every spanwise grid station, and the section shapes corresponding wake effects seems to only have & cmall effect on the resulting mirfoils,
to each grid station can be calculated relatively independently of the in that the sections are only a little thicker than the sections designed
adjacent stations. On the other hand, because of the interpolation re- with full viscous effects. In order 1o better anderstand the reason
quired in the first two methods, the section shapes at '0dd’ stations are for this, the target wing.was analyzed with "nd without wake effects.
directly dependent upon the shapes at ‘even’ stations; so although the The resulting pressure Jistributions shown in Fig. 13, revesl that at
designer loses a little flexibility, he gains 2 smoother spanwise distribu- the Re chosen, weke curvature and wake thickness have a very small
tion of section thicknesses in the spanwise direction. From a designer’s eflect on the Wing’s Lift and the shape of the pressure distributions,
standpoint of course, method A is the most restrictive of the four, but except near the trailing edge and the shock. But when the boundary
it yields the smoothest designs in the spanwise direction, and converges 1, .0 displacement thicknesses were investigated, it was discovered
the quickest. that neglecting wake effects in the enalysis produced boundary layer
displacement thicknesses that were on the average 3.5% thicker at the
Results trailing edge than those obtained from & full viscous analysis. Since
‘ the boundary layer displacement thicknesses are subtracted from the
Since the versatility of the method in designing multiple, over-  jnjtial inverse changes to yield the hard airfoil, these larger displacement
lapping regions of the wing has already been well demonstraied by  thicknesses would produce 8 section that was thinner than the target;
Gally®1°, most of the test cases presented, herein, were chosen, in-  but, after relofting the sirfoil section would actualiy be thicker than
stead, to exhibit some of the constraints and limitations of the curtent  “the target. : A ] ] o
inverse design procedure. The cases were chosen to revea) the approx- " The wing sections designed inviscidly are profoundly different at .
imate limits imposed on the aspect ratio and sweep of the wing; end 30 and 70% semispan, but only slightly different st 50% semispan. The
the significance of grid skewness, viscous interaction, grid refinement,  thinning of the top surface in complement with the thickening of the
and the initial airfoil on the final airfoil section design. Some questions  Jower surface has significantly decambered these sections. The large |
about the compatibility of Mach aumber and pressuze distribution will  differences st the inboard and outboard design stations aze due to the
be nnswered by designing a wing at one Mach number using pressures  jinfluence of the inviscid pressures outside the design region; and, the
obtained from a wing analysis st a different Mach number. Preliminary  remarkable agteement in the middle of the design region, except in the
results will be revealed for a partial wing design beginning aft of the  cove region where the boundary layer is thick, is due to the influence of

leading edge and terminating forward of the trailing edge. the viscous boundary condition at the edges of the dsig? n:'gi?n. Th'ue !
. . ' observations were verified by designing the entire wing inviscidly using
Spenwise Grid Skewness the same viscous pressure distributions used in the previous case. This |

case, shown in Fig. 14, led to nirfoil sections which varied smoothly in
the spanwise direction at all stations. ln Fig. 14, the boundary layer
displacement thicknesses obtained from s viscous analysis of the target : ’
were ndded to the target sections for comparison with the inviscidly ;
designed sections. !

Recently it was discovered that the skewness of the constant £
grid lines leaving the tip of the wing (Fig. 9 ) can have 2 dramatic
effsct on the design of the sections near the wing tip. As can be scen
in Fig. 10, if the design grid was significantly skewed and the input
pressures were obtained from an analysis on an unskewed grid, the
converged design yielded incorrect airfoil shapes in the tip region. This
Jifficulty is due to the large errors near the wing tip associated with a
skewed grid which are revealed in the pressure distributions (Fig. 11).
The grid skewness has caused the shock location to move further aft.
Although the skewness of the grid was quite extreme in this case, these

After the wings were designed, all three were then analyzed with
full viscous effects to assess the significance of the changes made to the
wing on the pressure distributions and to see how well these pressures
matched the target pressures. Knowing that the wing designed with
full viscous effects is correct, it is quite obvious {rom Fig. 15 and Table
1 that the wing designed inviscidly is quite unsatisfactory. The shock
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is not far enough aft and the lift produced is sometimes 20% smaler

than that desired.
Based an the results of this study, it can be concluded that for

the Re and Mach number chosen, wake curvature and wake thickness
have & very small eflect on the airfoil sections designed. However, the
boundary laver displacement effect has a profound effect on the section
shapes and hence must be included in the design process lo yield &
wing which will produce the desired lift in a viscous environment.

Wi a is

Three cases were attempted o roughly delimit the applicable
range of aspect ratios and leading edge sweep angles. These included
Lockheed \Wing A, B and C. These wings have aspect 1atios of 8, 3.8,
and 2.6, leading edge sweep angles of 27, 35, and 45 degrees and taper
ratios of .4, .1, and .3 respectively. The target pressure distributions
were obtained by e direct analysis of the target wings in an inviseid
environment. The initial section for Wing-A was a NACA 0012, while
s NACA 0006 was used for Wing-B. The original section was used with
\Wing-C due to the difficulty of the case. Also for Wing-C, as opposed
to the circulat cross-section, an elliptical cross section of the fuselage
was used to provide a flatter surface for the grid generstion package.
The circular cross-section combined with the large relative thickness of
the root section compared with the width of the fuselage played havoc
on the grid al the root, as can be seen in Fig. 16.

In order to better understand flow sbout each wing, the corre-
sponding velocity vectors on the surface of each wing were plotted, as
shown in Figs. 17-18. As to be expected, the spanwise component of
the fiow increases as the aspect ratio decreases and sweep increases. It
is also interesting that there seems to be an inboard flow for all three
cases on the upper surfaces aft of the leading edge. If this is correct,
this inboard flow may be attributed to the effect of the fuselage and
the wing tip vortex.

The design region for Wing-A and Wing-B extended from 10-
100% semispan and began 5% and 2.5% oft of the leading edge,
respectively. Computatlions were performed on 2 fine grid. Results
for Wing-A are shown in Fig. 19, while results for Wing-B are shown!
in Fig. 20. As can be seen the designed and target sections for both!
wings are in excellent agreement in the interior of the design region and
closely match at the edges of the design region.

In the case of Wing-C, the section shapes should not have changed"
with the application of the inverse boundary condition. But, because of
the large amount of spanwise flow and the associated spanwise gradients
for Wing-C, the spanwise oscillation effect could not be overcome with
any of the present remedies. Further information about this case was
obtained by using the Type II method and not relofting the section
shapes. The results for such a converging fine grid case are shown in
Fig. 21. The first design station st 185 semispan is too thick on the
upper surface as compared to the target. This discrepancy is again
due to the over prediction of the residual at the first station due to the
initial mismatch in the potentials in the spanwise direction, and, hence,
to large spanwise gradients of the potential. The errors diminish as the
tip is approached, but are always relatively large in the trailing edge
region due to the difficulty in accurately imposing the inverse boundary
condition near the trailing edge for this case. 1f an attempt were made
to converge this case further by continuously relofting the shapes to-
meet the trailing edge ordinate, the same spanwise oscillation problem
would sgain occur.

Initial Profile Effects

One of the disadvantages of the direci-inverse method is that a-
priori knowledge about the shape of the leading edge must be known
1o achieve suitable airfoil shapes and desired trailing edge thicknesses.
Relofting does alleviate this Lo & large degree; but it will not, in genersl,
happen to produce a leading edge that will yield the desired pressure
distribution in the leading edge region if the inverse boundary condition
is by necessity applied too far aft. It was thought that because FLO30's
grid package clusters grid lines close to the leading edge of the airfoil,
that the design could be started quite close to the leading edge, thus

relieving the designer of the difficulty of choosing a correct nose shape.

Two test cases were conducted to investigate the dependence of the
finel design on the initial airfoil section. Both used Lockheed Wing-A
at the same conditions mentioned eatlier for the viscous study. For the
first case, the initial airfoils were the same as those in the viscous study.
These airfoils all had leading edges which were in the same family as the
target section. The design was started 10% aft of the leading edge. In

the second case, NACA 0012 sections were used at all design stations;
the leading edge of these sections were not in the same family as the
target airfoil sections. For this case, the pressure boundary condition
began 4% aft of the leading edge. Referring to Fig. 22, it can be said
that although slightly better results were obtained near the leading
edge for the first case, that the airfoils designed were fairly insensitive
to the initial section.

The Effect of the Direct-Jnverse Junction
Prozimity to the Leading Edge

Since experience with the method has shown that the closei the
inverse boundary condition is applied to the leading edge, the longer
it 1akes for the solution to converge, it was of interest to learn how
the location of the direct-inverse interface affected the final design and
the resulting pressure distributions. This study was accomplished with
the aid of the previously discussed Wing-B case, which began at 2.5%
chord, and an inviscid design of Wing-B also with NACA 0006 sections
o5 the initial geometry. With the second case, the design was begun at
5% chord from the Jeading edge, and the input pressures were obtained
from an inviscid analysis of Wing-B. Since the pressure distributions
were consistent in both of these cases, the fact that one was & viscous
design and the other an inviscid design is not important.

Some representative samples of the resulting section shapes for the

_second case are shown in Fig. 23. The resulting wings were analyzed

under the same conditions that the original input pressure distribu-
tions were obtained. Representative samples of the resulting pressure
distributions are compared to their respective target distributions in
Figs. 24-25. As can be seen, the wing whose design began 2.5% afi
captured the suction peck at the leading edge, while the other case,
which began at 5% aft of the leading edge, did not.

When designing close (less than 5%) to the leading edge, the
solution sometimes began to slightly diverge or ceased converging.
Usually the design could be converged to the point where there was
only a maximum change in the surface of .1-.2% chord. This was more
& problem on the fine grid than on the medium. If it was necessary
to converge it further, the beginning of the design region was moved
aft. This is an important observation, for if it is necessary to begin the
design close to the leading edge to properly determine the shape of the
nose, a successiul design may be accomplished by beginning the design
as close to the leading edge as desired or is possible, then moving the
beginning of the design region aft as the solution approaches the last
stages of convergence. This method not only frees the designer {from
the task of choosing the correct leading edge shape, but it should also
accelerate the convergence of the design considerably.

Fixed Trailing Edge Design

This case was investigated to verify that & fixed trailing edge
design could be accomplished with the present version of the code.
The case chosen utilized Lockhéed Wing-A st a Mach number of .8
and an angle of attack of 2°. A NACA 0012 section was used as the
initial geometry from 30% to 70% semispan, while the remaining part of
the wing used the original supercritical sections. The inverse boundary
condition was enforced from 5% to 80% chord. The airfoil aft of 80%
chord was fixed so that it maintained the NACA 0012 trailing edge
shape. The input pressures were obtained through a medium grid
inviseid analysis of the wing with the original supercritical sections
used throughout. Furthermore, to provide for a smooth transition at
the aft direci-inverse junction, the disp.lacements were smoothed in the
chordwise direction. The type II-2 design method was used in this case.

The resulting section shapes are revealed in Fig. 26 . The target
airfoil section would actually be the first 80% of the supercritical seetion .

“and the last 20% of the NACA 0012 section. Surprisingly, even with
.the aft portion of the wing fixed, the designed sections came quite

close to matching the original Wing-A profiles at the 30% and 50%
semispan locations. At the 70% semispan location, the designed section
as compared to the original Wing-A section is much thicker on top and
thinner on the bottom leading to more cambered profile. This shape
is probably due to the interaction of the geometric constraints and
the required design pressures. The shock strength of the input C,
distribution does become quite large at this location and it sppears
that the section may have had to become more cambered to sccount
for this. Or, the increased camber may have been needed to provide the
necessary lift required by the inverse boundary condition. The pressure
distributions obained from an inviscid anlaysis of the resulting shapes
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are compared with those produced by the oniginal wing-A sections and
the NACA 0012 sections in Fig. 27. The figure reveals that the design
pressure distributions ate 8 combination of the Wing-A and NACA 0012
pressure distributions. It is also interesting that it seems a secondary
shock near the aft limit of the design region was necessary to meet the
constraints of this problem. This very impractical case, of coutse, was

only meant to demonstrate that it is feasible to fix the aft region of the ’

wing. If & more realistic trailing edge was used, better results would
surely follow.

Pressure_Distribution Compatibilitv

Since it was thought that a designer might not readily have
available an input pressure distribution compstible with the design
freestream Mach number, it was of interest to discover the eflect of
designing & wing at onc Mach numbher using 8 pressure distribution
obtained {rom &n analyisis of the wing at a different Mach number.
The Wing-A planform was used throughout this portion of the study.
NACA 0012 sections were used as the targets and NACA 0006 sections
were used as the initial sections in the design. The entire wing was
designed on a medium grid from root to tip, and the design region was
begun at 10% aft of the leading edge of the wing.

Two separate tests were performed. The first involved s fine
design at & nearly incompressible Mach number of .2 using & pressure
distribution obtained {rom an analysis of the target at 2 Mach number
of .1. As can be seen from Fig. 28, thinner section shapes were obtained
at the higher Mach number. This is in agreement with the 2-D Prandtl-
Glavert similarity rule®

n V1= M

= V1= M;

which states that the C, will be invariant with Mach number if the
thickness, 7, is reduced as the Mach number is increased for linearized
flow. For this case, Eq. (35) would predict that & 1.54% decrease in
thickness would be necessary to have the same pressure distribution at
the higher Mach number. The design code for this 3-D case produced
a section which was on the average 1.6% thinner than the NACA 0012

section.
The second case involved a medium grid design at & Mach number

of .B5 using a pressure distribution obtained at e Mach number of .80.
Referring to Fig. 29, the section shapes produced are again thinner than
the initial section. The top surface, though, required a sudden thinning
of the surface at the shock Jocation. Surprisingly, upon analyzing this
wing, the pressure distibutions shown in Fig. 30 match quite well with
the target everywhere except in the tip region of the wing. So given the
constraints of the problems, it appears that the only way the boundary
conditions could be met was to have these dips in the airfoil surface.
Since these dips might lead to boundary layer difficulties, it would
probably behoove the designer to vary the Mach number or alter the
pressure distribution to eliminate the necessity of these dips.

- (39)

Grid Refinement Effects

Since the computational time required fora design on the medium °

grid is about an cighth of that required on & fine grid, it may be tempting
to try to design on the medium grid using fine grid or real pressures. In
order to assess the practicality of this, & transonic design on a medium
grid using fine grid pressures was executed. The case was performed
using & Mach number of .8, and cn angle of attack of two degrees. The’
original supercritical sections for Wing-A were used as the initial, as
well as, the target sections. The results are shown in Fig. 31. The only!
place where the designs came close to the target was near the middle of
the wing. A slight wave appeats in the upper surfaces of the designed
sections near the shock Jocation. This is due to the smearing of the shock
on the medium grid. The section designed at the wing tip devisted well
away from the target. The fact that the fine grid C; is lower than

the medinm grid Ci at the wing tip most probably necessitated the!

decambering of the sections at the wing tip.

No.attempt was made to ‘match the Cp's of the fine grid and
medium grid analyses by varying the Mach number or angle of attack,
but a comparison of the medium grid pressures at various Mach
numbets and angles of attack with the target fine grid pressures for the
supercritical wing shown in Fig. 32 reveal that it would . probably be
necessary to alter the twist of the wing to closely match the Ci's at all
of the design stations. It also shows that incressing the angle of attack

to 2.1° would have produced closer metching Ci’s and hence pethaps
better designs. In retrospect though, given that the fine grid pressures
are correct or more realistic, it will be necessary, unless appropriate
corrections can be found, to use the fine grid to properly resolve the
correct airfoil sections.

Conclusions

p At AL

Progress in the direct-inverse wing design method in curvilinesr
coordinates has been made. This included the remedying of a spanwise
oscillation problem and the assessment of grid skewness, viscous intet-
sction, grid refinement and the initial airfoil section on the final design.
It was found that: 1) In response to the spanwise oscillation problem,
designing sl every other spanwise station produced the smoothest re-
sults for the cases presented. 2) A smoothly varying grid is especially
needed for the accurate design 8t the wing tip. 3) The final airfoil sec-
tion designed is independent of the initial section if the direct-inverse
junction is moved close to the leading edge; 4) Boundary layer dis-
placement thicknesses must be included in the successful design.of &
wing in & viscous environment. 5) Presently the design of only high
and medium aspect ratio wings is possible with this code. 6) A partial
wing design beginning aft of the leading edge and terminating prior to
the trailing edge is possible with the present method 7) Designs must
be performed on a fine grid.
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INVERSE WING DESIGN IN TRANSONIC FLOW INCLUDING VISCOUS INTERACTION*
Leland A. Carlson, Robert R. Ratcliff, and Thomas A. Gally
Texas A&M University
College Station, Texas
and
Richard L. Campbell

NASA Langley Research Center
Hampton, Virginia

SUMMARY

Several inverse methods have been compared and initial results indicate
that differences in results are primarily due to coordinate systems and
fuselage representations and not to design procedures. Further, results
from a direct-inverse method that includes three-dimensional wing boundary-
layer effects, wake curvature, and wake displacement are presented. These
results show that boundary-layer displacements must be included in the
design process for accurate results.

INTRODUCTION

Over the past several years, a variety of transonic wing design methods
and computer codes (refs. 1-5) have been developed. In general, these

" methods solve the full potential flow equation and utilize the inverse
approach in that pressure distributions are specified over all or part of
the wing surface. Several include some of the effects of viscous
interaction via strip boundary-layer calculations (ref. 1) or two-
dimensional computations that include a correction for three-dimensional
viscous effects (ref. 3). However, none of these methods includes a true
three-dimensional boundary-layer calculation or the effects due to wake
curvature, etc., which might have important effects on computed wing
designs. In addition, they differ in the number and spacing of grid points,
the design approach, the treatment of fuselage effects, and the control of
trailing-edge thickness. Obviously whether or not these formulation
differences significantly affect design results is of interest.

), is being extended to include three-dimensional boundary-layer and wake
tviscous interaction effects and is being used to study various leading-edge
relofting/trailing-edge control design procedures. As part of this study,

t was believed that it would be interesting to investigate the consequences
f differences in both numerical and physical formulations on the design
‘process and resultant wing designs. Thus, this paper will present initial
results of two ongoing studies. The first part will compare several inverse

This work was supported by NASA Grant NSG 1-619.
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design methods and their results, while the second portion will discuss the
influence of viscous interaction on transonic wing design.

INVERSE METHOD COMPARISON STUDIES

The RAE Wing Body ‘A’ configuration (ref. 8) at a freestream Mach
number of 0.8 and angle of attack of 2 degrees was selected as the test case
for the comparison studies. The wing for this configuration has an aspect
ratio of 5.5, a leading-edge sweep of 36.7 degrees, and a taper ratio of
0.375, is untwisted, and is composed of RAE 101 symmetrical airfoil
sections. Three different inverse design methods were selected for the
comparison, the direct-inverse curvilinear coordinate system TAW5D code
(ref. 4), the stretched Cartesian grid direct-inverse ZEBRA method (ref.
2-3), and the inverse predictor-corrector FLO30DC approach (ref. 5); and
their characteristics and features are listed on Table I.

In order to avoid the complexities associated with various wviscous
interaction schemes, it was decided to limit this comparison study to
inviscid flow; and, since it was believed that one of the primary usages of
design codes would be to modify only portions of wings, it was decided to
design only between 30 and 70 percent span. The target pressure
distribution for the design zone was obtained from an inviscid analysis by
the TAWSD code (essentially TAWFIVE, ref. 7), which indicated that the
flowfield at the selected conditions was slightly supercritical and that the
wing lift coefficient was 0.210. In addition, the starting airfoil shapes
were the correct 9% thick sections from root to 30% span, linearly thinning
down to a 6% thick symmetrical section at 50% span and back to 9% at 70%
span, followed by the correct sections on the outboard portions of the wing.

For the design studies, TAW5D was operated in the span lofting mode in
which pressures were only specified at 30, 50, and 70% span. Under this
procedure, airfoils were only inversely designed at these stations; and
after each design update, in between sections were obtained by linear
spanwise lofting. 1In all cases, the flow at these in between stations was
computed in the direct-analysis mode. On the other hand, in the ZEBRA
method, pressures were specified at each spanwise station from 30 thru 70%;
and in the predictor-corrector, FLO30DC the pressure was specified and an
airfoil section designed only at the 50% span location, with linear span
lofting to 30% and 70% respectively. In all cases, leading-edge relofting
options were selected in order to force the designs to have the proper

- trailing-edge thicknesses.

PROBLEMS

In setting up the test cases, several interesting problems were
encountered. First, analysis computations of the RAE 'A’ wing/body
configuration by the ZEBRA and TAW5D codes yielded slightly different
pressure distributions; and, in order to minimize these differences, the
angle of attack used in ZEBRA was decreased to 1.8 degrees so as to match
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{g wing CL predicted by TAWSD. The corresponding pressure distributions

=: shown on figure 1: and since both methods solve the same equation, the
P.riations must be due to differences in grid, fuselage, and boundary
Pondition treatments. Near the root, ZEBRA predicts a greater fuselage

fect in that the flow {s more accelerated on the upper surface; vhile
utboard, the leading-edge grid clustering inherent in TAWSD results in

¥> +ter resolution of the leading-edge region and minimum pressure peak.

ear the trailing edge, where the ZEBRA coordinate system is actually finer,
¥ Lere are also some variations in the predicted pressures. However, between
50" and 70% span the two methods are in reasonable agreement, and meaningful

Jesign studies for this region should be possible.

th

- The second problem was that FLO30DC could only handle for this case an
finite cylinder fuselage; and, thus, TAWSD and ZEBRA were "modified" to
fave as an option an infinite fuselage as well as a finite one. Figure 2
ompares at the 50% span station on the RAE configuration the pressure
distributions calculated by TAW5D associated with these two fuselages,
{t can be seen that the effect is only a slight shift in the pressure
coefficient level. This trend was true at all span stationms, and overall
ﬁﬁing and section lift coefficients were essentially identical.
#Nevertheless, as a result of these differences, two sets of target pressures
L for the design region were generated, one for the finite wing/body
$configuration and one for the infinite cylinder fuselage; and these were

“used as input into the appropriate versions of the codes.

and

FAESULTS AND COMPARISONS

results obtained at the design stations using the
TAWSD method. In this case, each section was designed from 10% chord to the
Etrailing edge and leading-edge relofting was utilized to force trailing-edge
Eclosure. However, the actual ordinate of the trailing edge was not
Fspecified. As can be seen, the starting profiles were a linear variation

E crom the correct section at 30% and 70% span down to a thin symmetrical
While the 30 and 70% stations started with the correct

n stations and could and did change during the
lugomputation. However, as shown on the figures, all three sections converged
“to the target shapes; and results for the finite fuselage and infinite
uselage cases were indistinguishable.

=" Figures 3-5 show

Esection at mid-span.

s shapes, they were desig

Results were also obtained with the ZEBRA code for both the infinite
¥and finite body cases and by the FLO30DC code for the infinite cylinder
fuselage using the appropriate pressure inputs. Figures 6-8 compare the
l@ésigned sectional shapes obtained by the three codes for the infinite
f_pgelage. It should be noted that the ZEBRA results were well converged
having maximum ordinate changes of less than 1E-6 of chord when computations
ore terminated. Also, it can be seen that the FLO30DC and TAWSD results

§ (denoted as CAMPBELL and TAWFIVE on the figures) are virtually identical,
Feven though the methods used entirely different design procedures.
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‘ At the 30% span station, the lower surface profile predicted by ZEBRA
is in agreement with the other methods, but on the upper surface it is
considerably different. Examination of the pressure profiles on figure 1
indicate that at 30% TAWSD and ZEBRA analysis results agree on the lower
surface but disagree on the upper. Consequently, when the TAW5D pressures
are used as design input to ZEBRA, it is not surprising that a slightly
different airfoil section resulted. At 50%, figure 7, where analysis
results are in better agreement, particularly on the upper surface, the
three methods predict virtually identical upper surfaces although the ZEBRA
lower surface profile is slightly thicker; and at 70% span the ZEBRA
prediction is again slightly thicker. (Similar differences between TAWSD
and ZEBRA were obtained for the finite fuselage case.) Since TAW5D and
ZEBRA use similar design procedures and TAWSD and FLO30DC have similar grids
and body representations, it can be concluded that the differences in
profile shapes portrayed in figures 6-8 are primarily due to coordinate
system and fuselage representations.

In order to see infinite versus finite fuselage effects, the infinite
cylinder fuselage wing pressures were used as input into both the infinite
cylinder and wing/body versions of TAW5D; and a typical result is shown on
figure 9. Here the infinite cylinder result is the "correct" profile; and
as can be seen, the finite fuselage result is thinner and significantly
different near the trailing edge. In fact, at the 30 and 70% stations, the
upper and lower surfaces criss-crossed before coming together to satisfy
trailing-edge closure. It is believed that this result demonstrates an
important effect often encountered in inverse design, i.e., when a pressure
distribution that is somehow incompatible with either physical reality or
the computational model (in this case the fuselage representation) is used
as input, the effect is almost always observed as either unrealistic
profiles near the trailing edge or in the inability of the design process to
satisfy the design input pressures near the trailing edge or both. In many
cases, the "problem" can be solved by slight adjustments in the specified
pressure distribution.

Now even though figures 6-8 show that the methods predicted different
profiles, the significance of these differences can only be determined by an
analysis of the designed wings and a comparison of the analysis results with
the desired targets. Since TAW5SD had previously been shown to be self
consistent (ref. 4) and since the wing designed by TAW5D, fig. 3-5, had the
correct airfoil sections, no analysis results for the TAW5D design are
presented. However, figures 10-14 compare the target pressure distributions
with analysis results by both TAWSD and ZEBRA for the wing designed by
ZEBRA, which had different profile sections in the design region. First, it
should be noted that in the design region, figures 11-13, the ZEBRA analysis
agrees with the target pressure values for the inverse design zone, which
extends from 0.1 chord to the trailing edge. This agreement indicates that
the ZEBRA method did indeed satisfy the desired pressure boundary
conditions. Second, due to inherent grid clustering near the leading edge,
the TAWSD analysis of the ZEBRA design probably gives better resolution in
the leading-edge region; and, finally, if it is assumed that the TAWS5D
analysis is the "most accurate" of the methods due to its fuselage and
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then it is apparent from figures 10-14

¥ that the ZEBRA design closely matches the target pressure distributions and
Elift coefficients. Overall, the TAWSD analysis of the Z2EBRA design

€ predicted a wing 11ft coefficient of 0.203 compared to the target value of
£0.210; and similar results were obtained for both the finite and infinite

M fuselage cases. In many respects these good results are somewhat surprising
E corsidering the airfoil section differences on figures 6-8. In any event,

i. the results shown on figures 10-14 are probably indicative of the level of

* ggreement to be expected when using design methods differing in coordinate

E systems and fuselage treatment.

: poundary condition representations,

g
o To conclude this section, it is believed that the results presented

; demonstrate the following:

£2 (1) Inverse methods using similar coordinate systems and flow solvers
ngill yield the same wing designs, and

- (2) Inverse methods having different coordinate systems and fuselage

3 representations but similar design procedures will yield different section
= profiles, but the pressure distributions and lift coefficients will be in

r reasonable agreement.

T ‘ﬂ‘”\i?v

VISCOUS INTERACTION STUDIES

selected for these studies was the Lockheed Wing A

) at a freestream Mach number of 0.8, an angle of
attack of 2 degrees, and a mean chord Reynolds number of 24 million. The
wing for this combination is composed of supercritical aft-cambered sections
and has a quarter chord sweep of 25 deg., a linear twist distribution
ranging from 2.28 deg. at the wing body junction to -2.04 deg. at the wing
tip, an aspect ratio of eight, and a taper ratio of 0.4. Target pressure
distributions were generated by an analysis using TAW5D with full boundary—
layer and wake viscous interaction effects. As before, wing design was only
-between 30 and 70% span, target pressures were specified at 30,50 and 70%,
and the span lofting technique described above was utilized. However, in

- order to properly include viscous interaction, after each boundary layer and
“wake update, displacement thicknesses were added to the airfoil ordinates at
= ecach analysis station to provide the correct displacement surface.

& Likewise, since at the design stations the displacement surface is the

B surface computed, the displacement thicknesses were subtracted to yield the

% ordinates of the actual airfoil at those locatioms. 1In addition, leading-—

a{édge relofting was utilized in order to obtain proper trailing—edge
e situation for inviscid cases,

?{bghavior. However, contrary to th
when only the trailing-edge thicknesses

= convergence problems were observed
& were specified. Consequently, the actual trailing-edge ordinates desired at

ik +he design stations were specified.

]

The configuration
wing-body (ref. 4 and 7

“ﬁ'”m‘i!"iﬁﬂilﬂimnmmwW’,m. G0

== Obviously, the initial airfoil section profiles should not affect the
Eofinal designed sections; and, consequently, two cases were studied having
.§ignificantly different starting profiles. The results for the first case
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are shown on figures 15-17, and as can be seen the initial sections linearly
varied from the correct aft-cambered profile at 20% span to a conventional
non-aft cambered section at mid-span back to the correct aft-cambered
section at 80% span. Here, the inverse design procedure started at 0.1
chord; and the initial leading edge at each design station was thinner than
the target shape. As shown on the figures, the target sections and designed
sections are in excellent agreement, particularly considering the extensive
curve fits and interpolations involved in the design and viscous interaction
procedures.

For the second test, the initial sections consisted of the correct
profiles inboard from the root to 20% and outboard from 80% to the wing tip.

However, as shown on figures 18-20, from 30% span through 70% span the initial

sections were NACA 0012 airfoils; and linear lofting was used between 20 and
30% and 70 and 80%. 1In this case the inverse design procedure started at
0.04 chord, and the initial leading edge at each design station was thicker
than the target section. As can be seen, the final designed sections are in

excellent agreement with the target shapes, particularly in the leading-edge
and cove regions.

It should be noted that in both of these cases, the section and wing
lift coefficients and the section pressure distributions were essentially
identical to the target values. Based upon these results, it is believed
that the present viscous inverse design procedure can yield correct target
profiles independent of initial airfoil section shapes.

BOUNDARY-LAYER AND WAKE EFFECTS

Studies conducted under the present program have indicated that design
including full viscous interaction effects is more computationally intensive
and that convergence is slower. Consequently, it was decided to compare the
full viscous interaction design results with those obtained including
viscous boundary-—layer interaction but excluding wake effects and with those
obtained assuming inviscid flow. For each case, the input pressure
distributions were identical and corresponded to those predicted by a full
viscous analysis of the Lockheed Wing A wing/body since those should be the
closest to reality. The starting section profiles were those shown on
figures 15-17, and the design region was from 30 to 70% span. As before,
span relofting and leading-edge relofting were both used in all three cases.

The final section profiles resulting from these computations are shown
on figures 21-23, and at all design stations the sections obtained by
ignoring wake effects are very close but slightly thicker than those
corresponding to the full viscous case. Further, while the inviscid case
profile is very close to the others at 50% span, they are significantly
different from those including viscous effects at 30 and 70% span. The
results at 50% are not surprising since at that station the boundary layer
is relatively thin over much of the surface and the design is strongly
influenced by the viscous pressure boundary conditions at 30 and 70% span.
However, the cove region is not well predicted; and, as can be seen on
figure 22, the upper surface inviscid profile here is thinner than the full
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.3§cous result, rather than thicker as would normally be expected. In this

2ce, specification of the trailing-edge ordinate and use of relofting has
firéed a change in the leading-edge shape such that the final inviscid case
By> o1l upper surface is slightly thinner than expected.

) '~At the 30 and 70% statioms, it is believed that the shapes predicted by
¥t inviscid computation are due to the fact that these design locations
'se the viscous pressures specified at 50% but are strongly influenced by

1:
.- inviscid pressures computed inboard and outboard respectively. In other
{s case in reference 6, three-dimensional

e
rtant in the design case. Based

iuiﬁs, as shown in the analys
it appears that the effect of wake curvature and

I scous effects also appear to be very impo
~ on these results,
1 section designs is relatively small. However,

V{aiéplacement on the airfoi
R the flowfield is assumed to be inviscid and only a portion of the wing 1is

Ficsigned, the use of realistic pressure distributions as input to design
W-tations may lead to unusua particularly at the
Etoundaries of the design region.

B -

1 or even erroneous profiles,

A1YSIS AND COMPARISON OF DESIGNS

o - As in the code comparison studies, the effect of including or excluding
gg?iscous effects can only be determined by comparing analysis results for the
B designed wings. Consequently, each of the wings portrayed on figures 21-23
lf was analyzed using TAWSD including boundary-layer interaction and wake

= 3isplacement and curvature effects. Full viscous interaction effects were
';?included because it was believed that such a representation would be the

gf most realistic representation of the actual flow to be expected about the

B designed wing/body combination. The results of these analyses are shown in
On these figures, the viscous pressures are

5;"Tab1e II and on figures 24-28.

g® very close to the target pressures; and comparison of the pressure
& distributions and sectional lift coefficients indicates -that from a

E practical standpoint the differences between full viscous design and design

B including wing boundary layer but excluding wake effects is negligible.

ly designed wing indicates that in the
jons determined by inviscid design
e distributions significantly

i However, analysis of the inviscid
7§fdesign region, figures 25-27, the sect
-gihave jower than expected lifts and pressur
b= Jifferent than the targets. (At this point, it should be noted that the
"inviscid" curves on figures 24-28 are from a full viscous analysis of the
=inviscidly designed wing and are not the result of an inviscid analysis.) In
% addition, three—dimensional effects lead to 1ift losses and more forward
2% shock locations on the sections inboard and outboard of the design region,
‘even though these sections have the correct airfoil shapes. As can be seen,
DY the effect is particularly significant on the outboard region. It should be
qéﬁﬁpted that this decrease in lift due to designing inviscidly instead of
2% {ncluding viscous effects is consistent with results previously obtained for
airfoils (ref. 9).

QRIGINAL FAGE
OF POOR QUALIYY
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It is believed that these initial results demonstrate the following:

(1) Section profiles for wings in transonic flow can be designed using
the direct-inverse technique including the interaction effects of the three—
dimensional wing boundary-layer and wake curvature and displacement. The
resulting profiles are independent of the starting shapes.

(2) For the conditions considered, wake effects have very little
effect on the designed airfoil shapes or on the wing pressure distributions,

(3) For the conditions considered, at least the wing boundary-layer
displacement effect must be included in the design process. Otherwise, the

designed wing will have less 1ift and different pressure distributions than
desired.

CONCLUDING REMARKS

In summary, several inverse methods have been compared and initial
results indicate that differences in results are primarily due to coordinate
systems and fuselage representations and not to design procedures. Also,
results from an inverse method that includes three dimensional wing boundary-—
layer effects, wake curvature, and wake displacement have been pPresented.
These results show that boundary-layer displacements must be included in the
design process for accurate results.
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TABLE I. -- CHARACTERISTICS OF INVERSE METHODS
Method TAWSD ZEBRA FLO30DC
Coordinate System Body Fitted Stretched Cartesian Body Fitted
Boundary Conditions| On Surface At Z =0 On Surface
Fuselage General Shape Axisymmetric Body Infinite
Approx. by Source/Sinks Cylinder
Design Method Direct-Inverse Direct-Inverse Predictor-
Corrector
Grid 160x24x32 90x30x30 160x24x32
Points on Airfoil 105 with LE 100 almost equally 105 with LE
Section Clustering spaced Clustering
Number of Span 21 21 21
Stations
TABLE II. -- RESULTS OF ANALYSIS OF DESIGNED WINGS

Target  Full Viscous Design No Wake Design

Inviscid Design

.506

.478 477

.427
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PRESSURES
TAWFIVE ANALYSIS

... ZEBRA ANALYSIS

Figure 1. Comparison of analysis results for RAE wing body
at Mach No. = 0.8, AOA = 2 degrees.
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Figure 15. Comparison of section designed by TAWSD at 30 percent span for
Lockheed Wing A wing body with target and first type of initial
section.
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ABSTRACT

Inverse Transonic Wing Design Using Finite-Volume
Methods in Curvilinear Coordinates (May 1987)
Thomas Anthony Gally, B.S., Texas A&M University

Chairman of Advisory Committee: Dr. Leland A. Carlson

An inverse wing design method has been developed around an existing
transonic wing analysis code. The original analysis code, TAWFIVE, has
as its core the numerical potential flow solver, FLO30, developed by
Jameson and Caughey. Features of the analysis code include a finite-
volume formulation; wing and fuselage fitted, curvilinear grid mesh; and
a viscous boundary layer correction that also accounts for viscous wake
thickness and curvature. The development of the inverse methods as an
extension of previous methods existing for design in Cartesian coordi-
nates is presented. Demonstrative results are shown for inviscid wing
design in both sub-critical and super-critical flow regimes. The test
cases selected also demonstrate the versatility of the design me thod in

the designing of an entire wing or any discontinuous sections of a wing.



ACKNOWLEDGEMENTS

The author wishes to thank members of his Advisory Committee for

their participation and assistance. Particular thanks go to Dr. Leland

Carlson for his much appreciated support and guidance thoughout this
project. Funding of this project has been provided by NASA Langley

Reseach Center under NASA GRANT NAG-1-619 with Richard L. Campbell as

technical monitor.

76

iv



TABLE OF CONTENTS

ABSTRACT .

ACKNOWLEDGMENT .

TABLE OF CONTENTS

LIST OF FIGURES

NOMENCLATURE .

INTRODUCTION .

BACKGROUND .

WING ANALYSIS METHODS
Potential Flow Solver .

Computational Grid Geometry .
Boundary Conditions

Viscous Boundary Layer and Wake Effects

INVERSE WING DESIGN METHODS

Pressure Boundary Condition .
Surface Calculations
Trailing Edge Closure

Design Strategy .

Design Input and Control

RESULTS

Test Case
Test Case
Test Case
" Test Case
Test Case

mooOwy

CONCLUSIONS AND SUGGESTIONS FOR FUTURE WORK

REFERENCES .

VITA .

77

Page
iii

iv

vi

.oviii

11

11
15
17
21

23

24
30
37
40
44

48
50
54
70
78
97

111

112

114



LIST OF FIGURES

Figure
1. Possible Wing Design Situations
2. Finite-Volume Cell Location . .
3. Surface Grid Point Geometry
4. Typical Grid Surface .
5. Point Dependance for Grid Point
Specification Method .
6. Point Dependance for Mid-point
Specification Method .
7. Comparison of Pressures Calculated at -
Grid points and Grid Mid-points
8. Comparison of Accuracy of Finite-Difference
Method and Residual Method
9. Relofting to Force Trailing Edge Closure
©10. Flowchart of Inverse Design Procedure
11. Typical Design Input Geometry
12. 1Inverse Design Regions for Case A
13. Comparison of Designed Sections with Original
and Target Sections (Case Al)
14, Comparison of Pressures from Analysis of Designed
Wing with Target Distributions (Case Al)
15. Comparison of Designed Sections with Original
and Target Sections (Case A2) e e
16. Comparison of Pressures from Analysis of Designed
Wing with Target Distributions (Case A2)
17. Inverse Design Regions for Case B
18. Comparison of Designed Sections with Original

and Target Sections (Case Bl)

78

Page

13
16

18

27

29

31

34
39
43
46

51

52

55

57

59

61

62

vi



LIST OF FIGURES (CONTINUED)

Figure
19. Comparison of Pressures from Analysis of Designed
Wing with Target Distributions (Case B1)
20. Comparison of Designed Sections with Original
and Target Sections (Case B2)
21. Comparison of Pressures from Analysis of Designed
Wing with Target Distributions (Case B2)
22. 1Inverse Design Regions for Case C
23. Comparison of Initial Pressures with Target
Values (Case C)
24. Comparison of Designed Sections with Original
and Target Sections (Case C)
25. Comparison of Pressures from Analysis of Designed
Wing with Target Distributions (Case C)
26. Inverse Design Regions for Case D
27. Comparison of Initial Twist with Final
Twist Distribution ‘
28. Comparison of Designed Sections with Original
and Target Sections (Case D)
29, Comparison of Pressures from Analysis of Designed
Wing with Target Distributions (Case D)
30. Inverse Design Regions for Case E
31. Comparison of Initial Pressures with Target
 Values (Case E) . . . « o o o o o v 00t
32. Comparison of Designed Sections with Original
and Target Sections (Case E) .
33. Comparison of Pressures from Analysis of Designed

Wing with Target Distributions (Case E). .

79

Page
64
66

68

71
72
75

79

82
83
85

91

98
99
103

107

vii



NOMENCLATURE

Coefficient of pressure

Jacobian of coordinate transformation
Jacobian matrix

Transpose of inverse Jacobian matrix
Freestream Mach number

Magnitude of freestream velocity
Magnitude of local velocity

Components of physical velocity vector

Components of contravariant velocity vector

Angle of attack

Ratio of specific heats

. Differential operator

Displacement thickness

Displacement thickness due to relofting
Trailing edge thickness

User specified trailing edge thickness
Averaging operator

Density |

Reduced/perturbation potential function
(¢ - ¢ + x cos(a) + y sin(a) )

Potential function

g0

viii



INTRODUCTION

In recent years the importance of transonic.fiight to both military
and commercial aircraft and the develobment of specialized tramsonic
wings for several flight research experiments have prompted significant
efforts to develop accurate and reliable computational methods for the
analysis and design of transonic wings. Many methods of solution have
been developed, but those which have shown the most promise due to their
computational efficiency and engineering accuracy have been based upon
the full potential flow equations in either their conservative or non-
consgrvative forml->. When these potential flow codes have been coupled
with accurate viscous boundary layer routines, they have had great suc-
cess in predicting such complex flow phenomena as wing-body interac-
tions, three-dimensional shock wave formations, and weak viscous inter-
actions. .

The TAWFIVE® FORTRAN code in particular has proven to be an excel-
lent and reliable analysis tool. This analysis code is based upon the
FLO30 finite volume potential flow method that was developed by Jamesoﬁ
gnd Caughey3. Among the features of FLO30 afe jts fully conservative
formulation and its three-dimensional curvilinear grid. The latter can
be fit around any general combination of fuselage shape and wing plan-
form. In addition, TAWFIVE gives the user the option of including the

viscous effects associated with both a wing surface boundary layer and a

Format in accordance with AIAA Journal
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viscous wake having both finite thickness and curvature.

The purpose of the research outlined in this thesis has been to
develop an inverse wing design method that is based on the existing TAW-
FIVE analysis code and is compatible with the existing computational
methods and program structure of that code. The particular inverse
method used extends previously developed design methods” "6 developed for
orthogonal grids to the more generalized curvilinear grid system of TAW-
FIVE, while also providing for greater design flexibility and versatil-
ity for engineering applications. These last goals were achieved by the
inclusion of user options for designing either the entire wing or only
discontinuous wing segments as shown in Figure 1. The availability of
this option is useful to engineers who are typically faced wich desig-
ning around regions where the wing geometry may be fixed by constraints

other than aerodynamic considerations.
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BACKGROUND

There are a number of approaches to the solution of viscous tran-
sonic flows over wing-body combinations. The most exact method, if a
suitable numerical algorithm is available, would be to solve the com-
plete set of continuity, momentum, and energy equations with viscous
effects either included in the governing equations or with a separate
boundary layer solver; i.e. the Navier-Stokes or Euler equations with
boundary layer. At present, however, solution methods of this type are
still under development and are far too demanding of computational speed
and memory requirements to be used for practical engineering applica-
tions. However, with the great advances being made in both numerical
methods and computer capacity, solutions of this type may become common
in the future.

As previously mentioned, the solution methods which are primarily
used today combine the compressible potential flow equations with a vis-
cous boundary layer solver. The compressible potential flow equations
are:

(PPx)x + (PBy)y + (p2) 7 = O
X v’y z/z 1)

1
y-1 71
p=[1+ 7 M2 - 32 - 02 - 2,D))

The derivation of these equations from the continuity and inviscid
momentum and energy equations can be found in almost any textbook deal-
ing with compressible subsonic or transonic flow. The use of the invis-

cid forms of the governing equations as the basis for the potential
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equations is necessary due to the fact that the potential function is
not defined for fluid flow in the presence of vorticity, the natural
by-product of viscous effects. While the potential equations are suit-
able for most flow regions where viscous effects are negligible, there
are two situations where viscous effects cannot be ignored. The first
is the boundary la&er over a wing, and the second is across shock waves.

The wing viscous interaction problem is usually solved by separating
the flow field into two regions: the inviscid region away from the body
where the potential flow equations apply and the viscous region on the
wing surface where a separate set of boundary layer equations can be
solved. The boundary for the potential solution region is usually off-
set from the physical surface by a distance called the boundary layer
displacement thickness. This thickness is calculated within the bound-
ary layer routines based upon the momentum loss and mass flow decrease
of the flow within the viscous layer. Since the potential flow and
boundary layer equations are usually solved separately but are dependent
upon each other, it is necessary to iterate between the two methods in
order to obtain a final converged solution.

The second viscous region of concerm, shock waves, is accounted for
by the approximate numericalhso}ution methods used in transonic poten-
tial flows. An examination of the nonlinear partial differential poten-
tial flow equations reveals that the nature of the equations changes
from elliptic to hyperbolic as the flow accelerates from subsonic to
supersonic speeds. In numerically solving these eguations of mixed
nature, it is necessary to use & numerical approximation which exhibicts

the proper upstream dependence in the supersonic flow regions. In the
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original paper by Murman and Cole’ suggesting this flow dependent method
for solving transonic flows, the authors noted that their numerical
solution technique for supersonic flow regions introduced a numerical
error term to the inviscid equations which had the effect of an artifi-
cial viscosity. The result was the appearance of numerical shock waves
-in their solutions which were very similar in nature and location to
what would be expected of physical shock waves. While this result is
somewhat serendipitous, it is of great consequence and has become the
foundation of transonic potential methods. Methods newer than those of
Murman and Cole do not make use of the same numerical approach but
always try to introduce a supersonic artificial viscosity of roughly the
same character. |

In the area of numerical airfoil/wing design using transonic poten-
tial flow solutions, recent efforts can be categor{zed as being either
optimization or inverse methods. The optihization problem can be
expressed mathematically as finding the local extrema (maxima or minima)
of a function of many variables subject to a given set of constraints.
A practical example would be to find the set of airfoil ordinates which
would produce the minimum transonic wave drag but which is not undesir-
able thin.

For a function Qescribed by a set of analytic expressions, this
optimization problem is straight forward and has distinct solutioms.
When applied to airfoil/wing design, the problem is complicated by the
nonlinear, often discontinuous, and unknown form of the dependent func-
tion and also by the numerical accuracy and nature.of the flow field

solver to which the optimization routine is coupled. With a proper
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selection of independent variables and constraints, however, the problem
becomes manageable and good results can be obtained.

An excellent example of the optimization approach is the work of
Cosentino and Holst®. They chose to use & finite number of wiﬁg surface
ordinates as their independent functions and exercised their program by
minimizing the ratio of drag to 1ift for various wing planforms and
flight conditions. However, most airfoils require a large number of
surface ordinates, on the order of 30 or more, to smoothly define the
airfoil surface. For a typical wing which may be defined by 10 or more
spanwise airfoil.sections, this approach could possibly involve 300
independent variables. As mentioned earlier, the relationship between a

change in a surface ordinate and the resulting change in the property

‘being minimized is not known a priori but must be calculated from the

flow solution itself. The relationship can be determined by displacing
each of the surface ordinates individually and evaluating the response
of the dependent function. if all the relgtionships were linear in
nature, a minimum of N iterations would be necessary to minimize a func-
tion of N variables; and more.than 300 converged flow field solutions
would have to be obtained in order to minimize the proscribed optimiza-
tion function. Obviously, such a procedure would require an unaccept-
able amount of computational time. In practice, however, the optimiza-
tion routine attempts to drive the solution to the minimum before the
system has been completely defined; and it is quite probable that the
minimum cin be reached before N iterations. Nevertheless, a large num-

ber of iterations can still be expected for unconstrained problems.

To reduce the size of the task, Cosentino and Holst only varied a
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few surface ordinates over a restricted region of the upper surface and
depended upon spline fits through these points to provide a smooth sur-
face. Of course, by minimizing the number of surface ordinates, the
problem is constrained to only having solutions within the family of
spline curves which can be fit through the points.

Another recent work by Davis? reduces the airfoil surface to a
series of parametric curves that have predetermined functional relation-
ships to certain flow phenomena. It only remains for the optimization
routine to determine the functional relationship between the specific
flow phenomena and the desired optimization function. For example, if a
family of curves for a section of say the upper surface has been found
to have a particular effect on the location of shock waves, then if a
location for a shock wave can be found which maximizes the lift to drag
ratio for the airfoil, the surface which corresponds to this shock loca-
tion is proscribed by the function relating the two. In essence this
approach is anofher means of constraining the problem to manageable lev-
els as was done by Cosentino and Holst, but it is accomplished in a more
elaborate manner and requires and makes use of known sufface to flow
relationships.

The other set of design techniques are called inverse methods.

Their distinguishing feature is that they require the specification of
desired velocity or pressure distributions over an airfoil or wing and
calculate the corresponding surface shapes. The usefulness of inverse
methods lies in the fact that experienced airfoil designers will usually
have an idea of what velocity/pressure distributions will produce desir-

able design properties. An example of such design would be modifying
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the pressure distribution on an existing wing section so that an unde-
sirable shock could be moved or even eliminated. Such design cases will
typically occur when an airfoil has been optimized for a given flight
condition but is also expected to perform adequately in off design con-
ditions.

Within the range of inverse methods, there exist two distinct sub-
groups. For one group of methods, the transonic flow field solution in
used as a "black box" that calculates the velocity/pressure distribution
for a given geometry. The inverse procedure then generates a modified

geometry based upon the difference between the calculated and desired

flow profiles. The NYU code of Bauer, Garabedian, and McFaddenl® and

the more recent method of Takanashi11 are two such inverse techniques.
In a sense, these types of inverse methods are related to the optimiza-
tion methods with the minimized function being the difference between
the actual and desired velocity/pressure profile. These inverse methods
differ from the optimization techniques because, instead of allowing the
functional relationship between shape profile and flow field to be
determined numerically from the convergence history, the functional
relationship has been determined beforehand based upon the governing

flow equations.

The other method of inverse wing design, called the direct-inverse
method, uses the désired pressure distribution for an airfoil or wing
surface as a boundary condition which must be incorporated into the flow
field solution. Thus, rather than satisfying the gsual flow tangency
condition on the body surface, the flow jnstead must satisfy the desired

pressure distribution in the inverse regions. From the flow direction
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on tﬁe pressure boundary or from the mass flux through it, the location
of a physical surface satisfying the desired pressure profile can be
calculated. Since the equations will generally only be exact when the
pressure boundary and physical boundary coincide, these methods also
involve some iteration on the surface geometry.

As mentioned, the primary task of this research effort has been to
modify the existing finite volume transonic potential flow analysis code
known as TAWFIVE for use in wing design. In selecting a design method
to apply to this existing code, it was decided use the direct-inverse
method as developed by Carlson®:6:11,12  carlson's previous inverse
design work has been with both airfoil designs'l2 and, more recently,
with wing design6'13. The reasons for selecting this method include the
relative simplicity of the method along with its record for successful
use with a variety of different numerical algorithms. In addition, the
previous applications of this method have been in Cartesian or sheared
Cartesian coordinate systems. Thu;, by adapting this method to the cur-

vilinear coordinate system of TAWFIVE, original work and results would

be obtained.
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WING ANALYSIS METHODS

Potential Flow Solver

The inviscid potential analfsis of TAWFIVE is performed by the pro-
gram FLO30 developed by Caughey and Jamesond» 14, For a complete
description of the FLO30 code and its theoretical basis the reader is
referred to Caughey and Jameson's papers and some earlier developmental
work by Jamesonls'ls. A brief description is presented here to provide
for completeness and to provide a background for the inverse design
developments which will be discussed in detail.

FLO30 solves the full potential equation in conservative form which
when transformed from Cartesian coordinates, Eq. (1), to generalized
curvilinear coordinates is:

(phU)¢ + (phV)p + (ph)g = O
where p is the local density; U, V, and W are the components of the
contravariant velocity vector; h is the Jacobian of the transformation
from Cartesian coordinates; and subscripts denote differentiation with
respect to the curvilinear coordinates £, 7, and ¢. The contravariant
velocities are related to'the physical velocities and the derivatives of
the potentiai function by:

U - u -] £
{v} - H-1 {v} - @1 {@n} (2)
W W ‘_ &

¢

and H is the transformation matrix defined by:

Xe Xy X
H =- Ye Yn ¢ with h = |H] (3)
Z¢ g %
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The local density can be obtained from isentropic relations as:
1

p=[1+ 1%1 M2(1 - ud - v2 -y T (4)
The numefical approach used in FLO30 is a finite volume technique.
To understand this approach, consider the simple two dimensional case
represented by the grid system shown in Figure 2. The dashed cube shown
in the figure indicates the area element under consideration. The flux
of fluid through side a-b can be approximated by the average of the
fluxes at point a and b with similar results for the side c-d. The net

flux in the x direction for the elemental area centered at grid point

i,j is then:

(phU)e = [(phU, + phUp) - (phUc + phUg)] / 24¢
or in the notation of Caughey and Jameson,

(phU) ¢ = Bpbe(PU)

where g indicates averaging and § indicates differentiation in the
indicated directions which are defined as follows (allowing Af=OAn=Af=1):
(601, 5,k = Uik, 5,k - Utok,5,Kk)
(D)1, 3,k = (Uisk, 3,k * Uik, 3,%0/2
(gD 1,5,k = Uiy, jis,k + Uiads, §-35,k + Uiodg, g,k + Uiokg, 5-35,0074
. etc.
When extended to the other flux components and to averaging over cube
surfaces in three dimensions, the numerical potential equation is of the

form:

Bpebe(PhU) + peedy (phV) + Benbe (phW) = 0

9
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To find the flux quantities phU, phV, and phW at the finite volume
cell vertices (i.e. points a, b, ¢, and d for the two dimensional case),
it is necessary to evaluate Equations (2) through (4). The derivatives
in these éxpressions can be expanded by the same volume avefaéing

approach used above, thus:

@p = p pb(9) Xg = Bpebe(x)
o = uiein(®) Y5 = mmpbe(y)
O = Benbe(®) 2g = Hpcbe(z)

with similar terms for the other transformation metrics. The above
expressions, being centered at grid midpoints, will involve the values
of the potential and grid position at grid points which are known from
the previous potential solution and the grid geometry, respectively.

As mentioned in the Background discussion, when solving transonic
flows it is necessary to include in the solution algorithm some form of
supersonic upstream dependence in order to account for both the physical
nature of the flow and th; viscous nature of shock waves, respectively.
Caughey and Jameson introduced upwinding by the addition of terms into
thfir potential numerical equation which are only non-zero when the flow
is supersonic. Also, the finite volume technique used exhibits a ten-
dency for uncoupling of the flow field solution between alternating grid
points. As a result, additional terms are included in the numerical

potential equation. The final numerical equation which is solved by

FLO30 when these terms have been included has the form:

pn§6$(phU+P) + p§€5n(phV+Q) + p€n6g(phW+R)

- €(brbenQen * pebneQue + BpbceQee — SencQeqe/2) = 0
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where P, Q, and R are the upwinding terms and Qfﬂ' an' ng, and anf
are the decoupling terms.
A reader interested in an in depth description of the nature and

derivation of the additional terms mentioned above may find this infor-

mation in Reference 1l4.

Computational Grid Geometry

As mentioned previously, the computational grid used by FLO30 is a
body fitted, non-orthogonal,»cﬁrvilinear mesh constructed about a wing
fuselage combination. The number of grid po;nts composing the computa-
tional domain is typically 40 x 6 x 8, 80 x 12 x 16, or 160 x 246 x 32
for the number of £, n, and { points in the coarse, medium, and fine
grids, respectively. The grid is conformally mapped to the wing and
fuselage surfaces as can be seen from the plot of surface grid lines
shown in Figure 3.

The grid is formed around spﬁnwise airfoil sections in a similar
manner in which "C" grids are mappéd to airfoils in two-dimensional ana-
lysis. This mapping for the two-dimensional case unwraps the physical
plane from around the airfoil and from along a slit extending from the
airfoil trailing edge to the downstream boundary. The wing surface and
slit are then a line of constant 5 as are the upper, lower and upstream
boundaries. The upper and lower half outflow boundaries are lines of -
constant £.

The FLO30 grid differs from the "C" grids due to the.need to map the
grid to the fuselage surface in addition to the wiﬁg surface. As a

result, rather than allowing the constant { planes to extend to the
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Surface Grid Point Geometry

Figure 3.
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upper and lower boundaries, these surfaces are wrapped around the fuse-
lage and a line extending forward from the fuselage nose. The line of
constant 5 which forms the upper and lower surface boundaries in two-
dimensions now becomes the upper and lower half plane symmetric bound-
aries for the three-dimensional grid. Figure 4 shows a plot of the con-
stant { surface which coincides with the wing tip airfoil section. Note
that for this grid geometry, the far field side boundaries are all
formed by the maximum n surface; and the upstream and downstrean bound-
aries are the same as for the "C" grid case.

In addition to the grid surfaces which form the physical extents of
the computational grid, additional "ghost™ coordinate surfaces are auto-
~matically generated below the wing and fuselage surfaces and beyond the
symmetric boundary. These "ghost" surfaces are necessary for the formu-
lation of both the finite-volume numerical flow equations and the flow
tangency boundary conditions upon these boundaries. The grid points
composing ﬁhe "ghost™ surfaces are calculated from linear extrapolations
of the computation mesh grid points immediately inside the physical

domain.

Bbundary Conditions

The original FLOBd code included the following physical boundaries:
.soiid surfaces, far field boundaries, symmetric plane boundary, and
trailing edge slit bouﬁdary. Note that when viscous effects are
included by adding on to the wing surface a displacement thickness, the
new displaced surface acts like a solid surface and-has the same bound-

ary condition as for the inviscid wing surface. However, as will be
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discussed in the next section, inclusion of viscous wake effects will
influence the boundary conditions applied across the trailing edge slit.

Since the governing potential equations are written in terms
of perturbations from free-stream conditions, the subsonic, far-field
requirement that the flow return to the free-stream velocity and direc-
tion are satisfied by setting the perturbation potential equal to zero
on the side and upstream boundaries. These boundaries are formed by the
maximum ¢ grid surface and part of the minimum 7 surface as mentioned
previously in thé grid geometry section.

For a purely subsonic and inviscid flow, the zero perturbation
potential boundary condition would also exist on the downstream outflow
boundary due to the isentropic (reversible) nature of the flow field.
When solving transonic flows with shock waves or when viscous effects on
the wing surface are being included, the flow field processes are irrev-
ersible and a return to free-stream conditions will nét be expected. The
downstream boundary condition allows for these effects by simply utiliz-
ing a "zero" order extrapolation of the potential (constant potential
assumption) to the outflow boundaries.

A flow tangency condition is applied along both the wing and fuse-
lage solid surfaces by setting the normal contravariant component of the
velocity vector to zero on the surfaces. This condition provides an
equation which when approximated by a finite-difference expansion about
the surface grid points can be used to set a value for the perturbation
‘potential on the "ghost" grid points below each surface. Note that this
finite-difference boundary condition is not exactly similar in form to

the finite-volume solution algorithm of the governing equations. As 2
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result, it is possible to impose flow tangency using the finit-
difference technique yet still have some normal surface velocity when
performing the finite-volume calculations. Since it is essential to
have the most exact boundary condition imposed upon the wing surface in
order to generate the most accurate solutions, a second condition exists
upon the wing surface. This additional condition inveolves reflecting
the flux quantities calculated by the flow solver for the cell centers
directly above the wing surface to the "ghost" cell centers beneath.

The reflected normal fluxes then cancel each other out in the residual
expression and a net zero fiow is obtained through the surface.

Since FLO30 only solves the flow field for a half body configura-
tion, only cases of no sideslip can be analyzed. Thus, the symmetric
boundary has no flux through it and a flow tangency condition exists on
the half plane. This condition is imposed numerically in the same fash-
ion as for the wing surface with both the weak finite-difference and the
strong finite-volume methods being used.

For an inviscid calculation, the trailing edge slit boundary is not
an actual limit to the physical domain a; the other boundaries are,”but
is simply an artificial boundary created by unwrapping the physical
plane into the computational domain. The only conditions which need to
be imposed at the slit is that the flow velocities, and thus pressure,
be continuous across the cut. The flow potential, however, will have a
discontinuous jump across the wake which is proportional to the sec-

tional wing lift coefficient.
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Viscous Boundary Layer and Wake Effects

The program routines for the calculation of the viscous boundary
layer and wake have been integrated into FLO30 as part of an investiga-
tion by.Streett17 into more accurate methods of correcting potential
flow solutions for viscous effects. These routines model the three
dimensional laminar and turbulent surface boundary layer with the tran-
sition location specified by the user. The turbulent, viscous wake
trailing the wing surface is modeled as having both finite thickness and
curvature that vary with downstream location. The proéedure for obtain-
ing a converged viscous solution {s to alternate between solving the
potential flow and boundary layer equations until both solutions are
conve%ged.

As mentioned previously, the effect of the surface boundary layer on
the potential flow is accounted for by assuming a displacement thick-
ness. These displacements are calculated by the boundary layer routines
at the points which are oriéinally input by the user for the wing geom-
etry. When regenerating the computational grid after a viscous calcula-
tion, the displacements are added norﬁal to the original surface and the
grid formed around this displaced surface. The boundary conditions on = |
the displacement surface is the same as for a physical surface, i.e.
flow tangency.

The wake thickness correction is similar to that for the surface
displacement thickness and is also included in generating the computa-
tional grid in order to produce a trailing edge slit which has a non-
zero width. However, the boundary conditions applied across the finice

slit are different from the inviscid potential flow case due to the pos-
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sibility of a pressure jump across the wake and, thus, some wake curva-
ture in the downstream flow. The presence of wake curvature is imposed
on opposing sides of the wake cut, as a difference in potentials, which
decays to zero or freestream conditions far enough downstream.

Since, the present investigation deals with the design of the wing
surface itself, alternate boundary conditions on the design surface will
be required. 1In the existing analysis code, only the general potential
flow solution method, the wing/displacement boundary conditions, and the
application of tbe boundary layer displacemeﬂt thickness on the surface

of the wing are of immediate concern in this thesis.
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INVERSE WING DESIGN METHODS

As stated previously, a direct-inverse approach to wing design was
selected for incorporation into the TAWFIVE code. The direct-inverse
method derives its name from the division of the design wing surface
into a fixed geometry leading edge region, where flow tangency boundary
conditions are imposed, and an aft, variable geometry section where
pressure boundary conditions are enforced. The pressure boundary where
the user specified pressure distributions are imposed does not extend
forward to the leading edge due to difficulties of enforcing this type
boundary condition near the beginning of an airfoil section. This
restriction on the size of the pressure specification region does not
seriously reduce the versatility of the design method since the leading
edge regions for most airfoils are similar, and it is relatively easy to
select a leading edge geometry which will produce the desired Mach num-
ber or pressure values at the beginning of the inverse region. In addi-
tion, specific leading edge shapes may be required due to other design
constraints such as the necessity to house a leading edge flap or slot’
system, Finaily, as will be shown later, the application of the inverse
approach only to back portions of the wing aft of the leading edge means
that it is used in regions where the pressures are primarily dominated
by the chordwise flow velocity; and, thus, the direct-inverse apﬁroach
allows some useful simplifications when formulating the equationms.

The following sections will provide details concerning ﬁhe usage of
the pressure distribution as a boundary condition in the inverse wing

regions ‘and how a new surface which would produce these pressures can be
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calculated. An additional feature which helps to restrict the inversely
designed wings to practical geometries by imposing a desired trailing
edge thickness is also described. The final section details how the
inverse design procedures are integrated into the program as a whole and
presents a logical design strategy for use.in designing actual wings.
Part of this last section also discusses the code's data input structure

and design options available,.

Pressure Boundary Condition

In the inverse design regions on the wing, a pressure boundary con-
dition will be specified rather than the flow tangency condition used-in
analysis zones. In formulating this boundary condition it is necessary
to relate the user specified pressure coefficient, Cp, to the bgrrent
perturbation potentials at inverse design grid points. Consider the

full potential equation for the pressure coefficient:

~
2 21 Q2 7T
CP -3 1+ 73 Me(1l - 73) -1
Mo Qo
where Q2 -u? + vZ 4+ w2

If it is assumed that the pressure coefficient is primarily a function
of the chordwise component of the velocity, u, and only slightly
affected by the vertical and spanwise components of wvelocity, v and w,
then the latter two velocities can be time lagged in the boundary condi-
tion without introducing any sclution instabilities. This assumption is
true everywhere except near the leading edge; but since the inverse

design boundaries have already been restricted to regions well behind

J o4
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the leading edge, the simplification is justified. The value of the
local veiocity, u, can then be calculated from the above expression in
terms of the desired pressure coefficient and the current values for the
vertical and spanwise velocities. In addition, the velocity u can also
be calculated from the perturbgtion potentials using the relations of
Eq. (2). Defining Jij to Se the elements of the inverse transpose of

the Jacobian matrix, H, the two equations for u yield:

v-1
2 'ﬂ‘licp T
—2
1o (v <1+ 2 ) - 1
J11¢£ + J12¢'l + J13¢§ - ; - cos(a) (5)
W

L (@) )

Since the spanwise and vertical flow velocities have already been
assumed to be constant in the boundary condition'relation, it is consis-
tent to make the same approximation in the above expression with respect
to the spanwise and vertical derivative terms, ¢n and ¢§. This
assumption is similar to the previous one, and it will lead to an expli-
cit expression for the potential at one point.

Two different finite difference approximations of Eq. (5) have been
considered. The first method involves expanding the derivatives of the
potential function as central differences about a grid point in the £
(chordwise) and { (spanwise) directions and a three point backwards
finite difference in the n (vertical) direction. The reason for the
special treatment on the 7 defivative is due to the value of the poten-
tial not being defined at the "ghost" points in the inverse regions.

The numerical equation with the above expansions is:

[0S



26

n+l n
J110¢4,9,x - #1.2,5,k)/2
n n - n
+J1203¢5.1, 5,k - 481-1,5-1,k + $1-1,4-2,k)/2

n n
+ J13(61.1,5,k+1 - 41-1,§,k-1)/2 = F(Cpi.1 y)

Here, the superscripts n and n+l refer to current values of the
potential and the new values of the potential being imposed by the
boundary condition, respectively. Also, the term F(cPi-l,k) is the
right hand side of Eq. (6) evaluated using the pressure coefficient spe-
cified at point i-1,k. Figure 5 shows the points involved in the above
expression and the point at which the pressure is being specified. This
equation tan then be solved for the potential at grid point i+l,j.,k

which yields the equation:

n+l 1 n
1,3,k = Jq[J11%1-2,5 .k

- Jl2(3¢?-1,j,k - 4¢?-1,j-1,k + ¢?-1,j-2,k)
- 313(¢2-1,j,k+1 - ¢?-l,j,k-l) + ZF(CPi-l.kJ
The potential values at n+l in the direct region are known initially
since they do not change when the inverse boundary condition is applied;
i.e. gD+l o ¢T. All the potentials on the inverse boundary'can then be
calculated and, since the spanwise and vertical derivatives are small,
.will primarily be functions of the pressure coefficignt at grid point
.1-1 and the value of the potential at grid point i-2.

This method of approximation has the possibility of producing two
independent solutions for the alternating set of even and odd grid
points which is a problem commonly seen when using simple central aif-
ference approximations. The reason that this solution uncoupling may

exist is due to the dependence of each potential on the value two grid
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points ahead or behind rather than the one immediately adjacent. To
preclude the possibility of this problem occurring, another finite dif-
ference method has been considered.

The second finite difference approximation involves expanding the
derivatives of the potential about the mid-point i+%,j,k. The £ deriva-
tive for this case is determined by a central difference involving the
preceding and following grid point values. The n and { derivatives can
be found at the mid-point.by averaging the derivatives from the preced-
ing and following grid points found be the three point backwards and
central difference approximations as in the previous method. Figure 6
shows the point dependence and pressure specification peint for this
méthod. The resulting numerical expression obtained with these finite

approximations is:

n+l n
J11(85, 3,k - $i-1,5,K)

n+l n n n
*J12 30815,k * ¢1-1,3,%) - 4061 5.1,k i-1,5-1,K)
n n
+éi,5-2,k t %i-1,5-2,k /%
n n n n
91308, 5, kel * 6401,5,k+1 7 4,5 k-1 - i-1,5,k-1)/%
- F(Cpj.i )
from which the potential value at i+l,j,k can be found as:

n+l
#1,9,x =

1 [ n
J .+ 33,,/6 |J11%i-1,5,x
11+ 312/ R n n
s J12 345015,k - 408151,k $5-1,5-1,%)
n n
'+ 45.5-2,ktbi.1,5-2,k /4
n n n- n
T J13(84 5 k1 * 6501,5,k+1 - 41,5,k-1 - $i-1,5,k-10/%
+ F(Cpji.i i)
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The only concern with using this mid-point specification scheme is
that the current method of calculating the pressure data output from
FLO30 uses the first difference scheme for the streamwise derivative.
This difference could potentially allow a pressure to be specified cor-
rectly but still have a significantly different value output from FLO30
due to the inconsistent calculation methods. However, as shown on Figure
7, where the pressures calculated for a typical flow solution are com-
pared for the two different calculation techniques, this possible error

has not been significant in practice.

Surface Calculations

As the inverse boundary conditions drive the flow field to a con-
verged solution, it is necessary to periodically calculate the location
of the new displacem;nt surface and to .regenerate the computational grid.
about this new geometry so that the pressure boundary surface will cor-
respond to the physical boundary.surface. ‘Each new surface can be found
relativé to the previous surface from an integration of the wing surface
slopes. However, the surface slopes must first be calculated from the
current flow field solution using the flow tangency boundary condition

which in Cartesian coordinates is:

T xvF =0
where U is the Cartesian velocity vector and VF is the gradient of the

surface function F.

Since all of the numerical calculations are performed in the curvil-
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inear computational space, it is necessary to express the boundary con-
ditions in the same manner. Defining V'F to equal the gradient of F
with respect to the curvilinear coordinates and V to be the contravar-
iant velocity vector, the following relations can be obtained from Equa-
tions (2) and (3):

U=HxV VF = (H"HT x v'F

From these the transformed boundary condition can be obtained as:

HxWT x (LHT xvF) =vIx H1xHTxvF=0

or simply
VxVF=0

As can be seen, the tangency boundary condition written in terms of
the curvilinear coordinate system using contravariant velocities is a
direct analog to the same condition expressed in physical space.

A more useful expression can be obtained by expanding the above

equation to:

(22

af)wing—l%i ) .%(éﬂ

af)wing
This expression can be solved for the new chordwise airfoil slopes,
én/af. if the current values of the spanwise slope, d7/d¢, are used.
Since the wing surface is represented in the computational grid as a
plane of constant 5, the current slopes on the wing surface equal zero
and a simplified flow tangency condi;ion results:
(21) - ¥
8¢ wing Y (5)

This flow tangency condition is only exactly true when the veloci-

ties are calculated at the new physical surface boundary. Using these

velocities is difficult in practice, however, since the new surface

I
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being calculated will typically lie at locations between grid points,
where velocities are difficult to calculate; or even at locations out-
side the flow field altogether, as when the new surface falls below the
old surface. Thus, for simplification, the contravariant velocities
used in calculating the surface slopes are the velocities at the inverse
pressure boundary; i.e. the current grid boundary which is also the pre-
vious physical surface boundary. This approximation is justified by the
fact that for the converged surface solution the pressure and physical
surface coincide and the equation becomes exact. In addition, no sur-
face convergence problems resulting from this approximation have been
observed, even for cases where the presﬁure and physical boundaries ini-
tially.differed by a significant amount.

A second factor affecting the slope calculations is the accuracy of
the contravariant velocity calculations. A first approach to calculat-
ing the U and V velocity components was simply to apply the relatioms of
Eq. (2). The derivatives of the poteqtial function were evaluated by
central difference approximations in the { and ¢ directions and a three
point backwards difference in the n direction. The later was required
because, as has already been mentioned in the pressure boundary section
of this thesis, the potential function was not defined at ghost points
- in the inverse regions. As was expected from thg previous experience of
Weed et al.?, this approach did not yield accurate values for the V
velocity component. As can be seen from the data plotted in Figure 8,
the surface displacements, labeled "Finite Difference Approach," based
upon velocities calculated using the above method for.a converged analy-

sis solution of a wing section are significantly different from zero.

] 13
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The later is, of course, the proper displacement expected for a con-

verged solution.

The other data plotted on Figure 8, labeled "Residual Approach", are
the result of using an alternate approach which is an extension of the
formulation of Weed et al.?. This second method involves solving the
residual expression from the potential flow solver for the surface velo-
city ratio, V/U, under the assumption that the residual is zero. For
this problem, the residual expression from FLO30 can be written in

finite volume form as:

pngaf(phU) + pgfén(phV) + p€ﬂ6§(phW) + (other terms) = 0

The "other terms" in the above expression involve the grid point
coupling and upwind dependence terms of the formulation and will be

assumed to be constants in the following development.

The desired velocity ratio, V/U, can also be written in this finite

volume form as:
Vo~ gV o pege(phV)
U AU Teng (PRD)
By simple manipulations, this ratio can be obtained from the residual

expression as:

Ffflf(phv) _ 2p§-£(phV)ﬂ_1 + pﬂ$-8£(phU) + y€ﬂ8§-(phW) + (other terms) ©

Pfqg(PhU) ueﬂg(PhU)' .

where the subscript n-1 refers to the values at grid cell centers above

the wing surface.

In order to use Eq. (6) to find the desired surface velocity ratio,

115
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it is necessary to know the U and W velocity components at the "ghost”
cell centers below the wing surface. These values can be obtained in a
manner consistent with FLO30 by specifying the "ghost" cell values to
equal the values at corresponding points immediately above the wing sur-
face. Eq. (6) then explicitly defines the velocity ratio at the bound-
ary grid points and, as seen from Figure 8, is very accurate.

It should be noted that an interesting program simplification has
been achieved in performing this calculation. 1In the discussion of the
analysis surface boundary condition, it was stated that the "ghost" cell
velocities were obtained by reflection about the wing surface. This
procedure amounts to setting the chordwise and spanwise velocities, U
and W, at "ghost" points equal to those above the wing surface and set-
ting the vertical velocity component, V, at the "ghost" point equal in
magnitude but in the opposite direction to the V velocity above the wing
surface. If the residual were calculated in this manner at the surface

grid points in the inverse regions, then the surface slopes can then be
found simply by:
ﬁﬂ) - psnc(phV) - (R%sidual) . (7)

Thus, a converged surface solution where 9n/3f( tends to zero corresponds
to a converged finite-volume solution on the surface where the residual
tends to zero.

With the contravariant velocities known, an integration of Eq. (7)
through the inverse design region from the leading edge to the trailing

edge will yield a set of surface displacements for the new wing surface

relative to the previous one. These changes will be expressed as
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changes in the computational coordinate 7, which can be converted to

surface displacements in the physical plane via the transformation:

LX = Xp bn by = ¥y An

However, since the computational grid lines are orthogonal at the

surface, the normal displacement, §(x), is:
5(x) = ((x 82 + (3, am)2)1/2

These displacements will be defined at the computational grid points
in the inverse regions. To obtain the corresponding displacements at
the original geometrical locations specified in the program input data,
a linear interpolation of the above data is performed. The reasons that
the displacement surfaces are needed at the original geometry points is
two fold. First, as mentioned previously in the discussion of viscous
interaction, the boundary layer displacement thickness, which is numeri-
cally analogous to the inverse displacement thickness, is defined at the
original input stations; and finding the inverse displacement thickness
at the same locations allows the use of the same routines for adding the
boundary layer and inverse design displacements to the original geom-
etry. Second, finding the displacements at the original geometry sta-
tions permits the calculation of the new wing airfoil sections at the

same semispan locations.
Trailing Edge Closure

The procedures outlined above will compute a wing surface corre-

sponding to a given, fixed, leading edge geometry and to a desired set
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of pressure distributions in the inverse regions. The above procedures
do not, however, guarantee that this wing geometry will be practical.

In particular, past experienceghas shown that inverse surface calcula-
tions may yield airfoil sections which have either excessively blunt
trailing edges or which, at least numerically, have the upper and lower
surfaces crossed at the trailing edge ("fish tailed"). The former case
is undesirable due to aerodynamic considerations, while the latter is
physicaliy impossible and may produce unpredictable problems in the grid
generation or flow calculation portions of FLO30. -

Sin;e for any specified pressure distribution the corresponding
_wing surface will be controlled by the leading edge geometry, which
serves as an initial spatial boundary condition for the inverse region,
the problem of assuring trailing edge closure can be viewed as the
proper selection of a leading edge shape. A procedure for systemati-
cally modifying the leading edge region in arder to achieve some desired
trailing edge thickness is called relofting. Such a relofting procedure
has been incorporated into the present design process in order to both
prevent the problems of trailing edge crossover and to allow the user
the option of specifying a trailing edge thickness as an add;tional
design variable. This design feature should be very useful in practical
applications since it automates the iterative selection of & leading
edge shape which would otherwise have to be performed by the user.
The present method of surface relofting is a simple linear rotation

scheme. This method can be visualized with the help of Figure 9. The
dashed line indicates the original leading edge geQmetry ;nd a hypothet-

ical new surface shape which has been calculated for the inverse design

'
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regions. Without modification, this new surface has a trailing edge
thickness of 4. If a thickness of A, was specified by the user, then
the surface would have to be relofted or changed. In the present
scheme, in order to obtain the desired thickness, a displacement thick-
ness, §,, is added to the current design surface. This thickness has a
distribution from the leading to the trailing edge and is determined by
the formula:

bp(x) = (8¢ - B) (x/c)
where ¢ is the chord length of the local airfoil section. The total
displacement for a surface update is then the sum of the two displace-
ments, § and §,. When both the upper and lower surfaces are designed
simultaneously, the displacement magnitudes determined by relofting are
divided between the two surfaces so that half is added to the lower sur-

face and half to the upper surface.

It should be noted that the above procedure for relofting the lead-
' ing edge region is a practical method, and it is not based upén any
known dependance between the leading edge shape and the trailing edge
thickness. Experience has shown, however, that tﬁis method does indeed
produce the appropriate effect at the trailing edge; and with iteration,

a converged geometry solution with the desired trailing edge thickness

can be obtained.

Design Strategy
All of the above procedures are part of the overall wing design pro-
--gram structure. The addition of the necessary program statements and

subroutines to the TAWFIVE code has been made in an unobtrusive manner
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so that the original TAWFIVE program logic and input formats are pre-
served. This section will discuss in detail how these inverse design
methods interface with the analysis portions of the code and how the

inverse design of a wing would be performed.

Consider first how the TAWFIVE program is used when performing an
analysis of a specified wing geometry. The wing and fuselage geometry
data are input and the desired computational grid is subsequently gener-
ated. Typically, there is a choice of three different computational
grids which may be thought of as coarse, medium, and fine. Thé usual
procedure is to start a wing analysis on the coarse grid and then to
halve the grid spacing to the medium size after some specified number of
iterations of the potential flow solver have been performed. After
additional potential flow jterations on the medium grid, the grid spac-
ing is again halved to the fine grid size; and, for purely inviscid ana-
lysis, iterations are repeated until a converged potential flow solution
is obtained.

For an analysis with viscous interaction, it is sufficient to only
partially converge the potential solution on the fine grid so that rea-
sonable wing surface pressures can be calculated; and the boundary layer
routines are then called in order to calculate an initial displacement
thickness. With the displacement surface known, the procedure generates
a new grid around the displaced surface; and the iterative and grid hal-
ving procedure is repeated until a converged solution for both the
potential flow and the boundary layer is obtained. Note that as the
solutions converge, it is usually not necessary té return to the coarse

grid after each displacement surface update; but solutions can continue

12|
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on the fine grid starting with the most recent potential solution.

As shown from the flowchart in Figure 10, an inverse wing design
will proceed in a very similar manner to that of a viscous wing analy-
sis. After the initial wing geometry is input and the computational
grid has been generated, the inverse pressure distribution data and
design control parameters are inputted and the pressures to be specified
at the grid mid-points are calculated. Before each potential flow iter-
ation is performed, a call is now made to the pressure boundary subrou-
tine where the potentials on the wing surface in the inverse regions are
specified. The potential flow solver then proceeds as normal except
that the changes of the potential values computed on the inverse wing
surface are set to zero. After all the desired grid halvings are per-
formed and a semi-converged solution is obtained, the surface update
routines are called. These routines compute both a new surface geometry
and a set of inverse displacement thicknesses. The new geometry is out-
put to a print file in the same format as the input geomefry file and is
not saved in memory. The displacement thicknesses, however, are
retained and are used in computing a new computational grid in the same
manner as the viscous displacement.thicknesses are used.

When performing an inverse design with viscous interaction effects
included, the procedure is exactly the same as the inviscid design
procedure with the viscous and inverse displacement thicknesses being
used in the direct and inverse regions of the wing, res?ectively. Ic
has been observed, however, that it is best to obtain a semi-converged
boundary layer solution (at least one iteration) Béfore beginning the

inverse design. The reason for needing an initial boundary layer solu-
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tion is due to an occasional over prediction of the boundary layer
thickness at the trailing edge by the first boundary layer calculation.
These excessive, erroneous thicknesses may cause the physical surface
beneath the displacement surface to appear to be fish tailed. If forced
trailing edge thickness is being imposed, the result is an unnecessary
surface relofting which must be undone by additional surface updates,

thus slowing down the solution convergence.

Design Input and Control

The inverse pressure file is oriented around individual span sta-
tions in the same manner as the wing geometry input file 1s organized
about sectional airfoil geometries. As such, pressures are input as
chordwise distributions of the pressure coefficient for each span sta-
tion with as many span stations as necessary being specified in order to
fully define the desired wing pressure distribution. Every set of two
spanwise stations may be thought of as a design panél on the wing sur-
face, with each panel being either an upper surface design, lower sur-
face design, or both. Since input pressure stations and computational
grid span stations will not necessarily correspond to one another, once
a design panel is specified, the program searches to find which, if any,
grid stations are positioned within the inverse region. Pressures and
the other design variables are then linearly interpolated from the sur-
rounding pressure stations to obtain the values at the grid station.
These other variables are the location of the direct-inverse junction
near the leading edge and the trailing edge thicknéss desired for trail-

ing edge closure. Contiguous design panels which involve design of the
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same surfaces (i.e. upper, lower, or both surfaces) can be formed by
inputting a single additional pressure station which will define the
panel between the last input station and the new. Figure 11 shows the
input pressure sections and the resulting computational inverse regions
for a design case which involves both a continuous design region defined
by multiple pressure input stations and a separate design section near
the wing tip. The computational grid lines shown are typical for medium
grid spacing. Note that the design region between the first two pressure
stations does.not contain any computational grid lines and thus will
have no affect on the final wing désign. This example indicates that
the user should be familiar with where the computational grid will be
formed before arbitrarily selecting input stationms.

Two control parameters have been added to the TAWFIVE iteration comn-
trol input file. The first controls whether or not the inverse boundary
conditions will be imposed for a given set of potential flow iterations
and, if the conditions will be imposed, at which iteration count they
begin. This latter option has been included because it is foreseen that
for geometry cases with a difficult convergence trend, it may be neces-
sary to obtain a semi-converged solution before attempting to enforce
the design conditions. All of the design cases which will be discussed
in the results section of this thesis have been obtained by enforcing
the design boundary conditions starting with the first iteration ;nd no
convergence difficulties have been observed.

The second control variable is used by the surface updating routine
to determine what type of relofting control is désired. Since relofting

will always occur it the current wing surface will result in a computa-
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tional grid which crosses {tself prior to the trailing edge, this vari-
able is used only to determine if the trailing edge thickness is to be
nforced” to a user specified value. Note that relofting will automati-
cally occur if the grid itself crosses, but it will not take place if
only the airfoil crosses irself. The distinction is due to the fact
that when the viscous boundary lgyer is added to the problem, it is pos-
sible that the airfoil ma& be fish tailed while the displaced surface 1is
not. In these cases a fish tailed airfoil may actually be designed if

the user does not force trailing edge closure.
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RESULTS

In this section results from five different test cases for both sub-
critical and supercritical conditions will be presented. These cases
are not intended to be definitive or even representative of practical
designs but have been selected as examples of the capabilities of the
present inverse design technique. The results shown were obtained on a
medium grid having 81 streamwise, 13 vertical, and 19 spanwise points
with 11 Qpanwise stations and 53 points on the wing at each station; and
in all cases the maximum change in the reduced potential was reduced at
least three orders of magnitude. Thus, the results do not represent
ultimate convergence but should be representative of "engineering accu-
racy".

The planform selected for the test cases was the Lockheed Wing A
wing-body. The wing for this configuration has a quarter chord sweep of
25 deg., a linear twist distribution ranging from 2.28 deg. at the wing
body junction to -2.04 deg. at the wing tip, an aspect ratio of eight,
and a taper ratio of 0.4. The last two values are based upon the wing
without fuselage. However, instead of the supercritical sections nor-
mally associated with Wing A, the initial airfoil sections at each span
station were assumed to be NACA 0012 airfoils.

The target pressure distributions used in the design regions were
selected to yield airfoil shapes thicker in the aft portions of each
section; and, at supercritical conditions, to yield on the upper surface
weaker and more forward shock waves than those which would normally

occur on a NACA 0012 section. On the lower surface, the target pressure
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distributions were selected to have either a favorable pressure gradient
or fairly constant pressure plateau over much of the 1owe¥ surface.

All subcritical cases were for a freestream Mach number of 0.7 and
an angle of attack of two degrees. In each case, the pressure distribu-
tion was specified in the design regions from the 15% local chord loca-
tion to the trailing edge and used as the boundary condition in these
inverse regions starting with the first jteration. Normally, two
hundred SLOR iterations were executed prior to the first design surface
update calculation; and subsequently, surface updates were computed
every fifty cycles. Usually, the solution was considered c;nverged and
terminated after 450 total iterations.

Supercritical cases followed a similar procedure except that the
freestream Mach number was 0.8. Again the angle of attack was two
degrees. However, for these cases three hundred iterations were per-
formed prior to the first surface update calculation in order to better
resélve the leading edge pressure distribution in design regions.
Because of the upstream dependance of the flowfield, particplarly for
the supercritical cases, it was determined to be essential to obtain a
good computational solution in the leading edge region before any sur-
face updates. Otherwise the initial surface changes were so drastic
that a large number of additional surface calculations, and accompanying
iterations, were necessary in order to achieve convergence.

Finally, for those cases where trailing edge closure was specified
by the input, forced relofting was not performed until the second sur-
face update. This approach was used because the first surface update

usually involved large changes in the surface shape, and it was believed
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that attempting to force closure at the same time might lead to conver-

gence difficulties.

Test Case A

As shown on Figure 12, the objective of Case A was to modify only
the upper surface between 45% and 85% semi-span. As indicated above,
the input pressure distribution for the design region corresponded to
that of a wing composed of airfoil sections which were thicker than a
NACA 0012 in the aft portion of each section; and these pressures were
previously obtained with a corresponding analysis computation. Thus,
since this case also required trailing edge closure, Case A was ; test
of the ability of the method to reproduce the airfoil sections of a
knowvn wing. Both subcritical, designated Case Al, and supercritical,
designated Case A2, solutions were obtained.

The resultant designed airfoil sections for the case having a sub-
- eritical freestream are shown on Figure 13. As can be seen, the
designed sections are considerably different than the original NACA 0012
'airfoils; and they are in reasonable agreement, even on the expanded
scale, with the target sections. However, there are some slight discre-
pancies at the boundary stations at 50% and 80% semi-span. It is |
believed that these are due to a combination of terminating the computa-
tion prior to ultimate convergence and to the significant variation in
spanwise slope near the trailing edge resulting from the change between
the NACA 0012 sections in the analysis zones to the designed airfoils in
the inverse regions. Nevertheless, it is believea that the agreement

between the designed surfaces and the target surfaces is adequate.
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The true test, however, of an inverse wing design method is not its
ability to reproduce "known" airfoil sections but rather a comparison
between the target pressure distributions used to design the wing and
those computed by an anaiysis of the designed wing. Figure 14 presents
such a comparison for subcritical Case Al; and, as can be seen, the ana-
lysis results for the designed wing (labeled "designed surface pres-
sures") are in excellent agreement with the target pressures as are the
local 1ift coefficients.

Figure 15 and 16 show similar section profiles and pressure distri-
bution for Case A2 at supercritical conditions. Again the agreement
between the designed surfaces and the target surfaces and the pressures
from an analysis of the désigned wing and the target pressures are
excellent. It is believed that Figures 13-16 demonstrate that the cur-
rent method can be used to modify the design of the upper surface of a

wing mounted on a body.

Test Case B

This case, which is depicted on Figure 17, was created to test the
ability of the method to design both upper and lower surfaces. Subecric-
ical (Case Bl) and suﬁercritical (Case B2) results are shown on Figlures
18-21. As in the previous case, trailing edge closure was required; and
as a result the designed surface shapes have the same character as those
for Case A in that there is good agreement at the inner statioms but
slight discrepancies between the designed surfaces and the target sec-
tions at the boundary stations. However, as shown‘on Figures 19 and 21,

there is still excellent agreement between the pressures computed by an

[ 34
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analysis of the designed wings and the desired target pressures used in

the inverse design. Thus, it can be concluded that the method can be
used to modify the design of the upper and lower surfaces of a wing

mounted on a body.

Test Case C

The inverse design regions for Case C, which was an attempt to
design both upper and lower surfaces on two noncontiguous regions of the
wing at supercritical conditions, are shown on Figure 22; and a compari-
son between the initial pressure distribution associated with NACA 0012
sections and the target pressures is portrayed on Figure 23. As can be
seen, the target pressure distribution essentially eliminates at inboard
stations the upper surface shock wave present on the original wing; and
at outboard stations it weakens the shock and moves it forward. 1In
addition, significant changes in the lower surface pressure gradients
are evident. Also shown on Figure 23 are the pressu;es computed by the
program at the end of the inverse design pro;edure (denoted as "design
pressures”). These pressures are in excellent agreement with ;he targetc
pressures, which indicates that the method is satisfying properly the
desired inverse boundary conditions.

The corresponding designed airfoil sections for this case are shown
on Figure 24. Even on the expanded scale, the agreement between the
designed and target surfaces is excellent at all design stations. How-
ever, trailing edge closure was not enforced for this case; and there is
at the boundary stations some departure between the designed. surfaces

and the target surfaces near the trailing edge. Again it is believed
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that this slight difference is a ramification of the change in spanwise
slopes near the trailing edge between the direct and inverse regionms.

In any event, the pressure distributions resulting from an analysis
of the designed surfaces shown in Figure 24 are in excellent agreement
with ihe target pressures, as can be seen on Figure 25. In addition,
the section 1ift coefficients at the various design stations are in very
good agreement with the target coefficients. Based upon thesé results
it is believed that the present method can adequately design/modify non-

adjacent regions of a wing in transonic flow.

Test Case D

As shown on Figure 26, Case D involved the inverse design of the
entire wing on both the upper and lower surfaces. In addition, as
depicted on Figure 27, the initial twist distribution was constant from
root to 40% semi-span followed by a linear distribution between 40% and
the wing tip; and the inverse pressur; distribution was selected to cor-
respond to an approximately ligear twist distribution between the root
and the tip. Thus, this case was a test of both the ability of the
method to design an entire wing and to modify the twist distribution.
Obviously, since the twist had to be permitted to vary, trailing edge
closure was not required. Also, the results shown are for supercritical
conditions.

As can be seen on Figure 27, the twist distribution resulting from
the design calculation, while considerably different than the initial

distribution, is slightly different than the target distribution. This

difference occurred for several reasons. First, in the current version
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of the program the wing section at the root-body junction cannot be
inversely designed. Thus, when designing the entire wing, the program
automatically makes the root section nondimensionally identical to that
at the first span station; and the twist at the root and at the 10%
semi-span station are identical. Second, the leading edge shapes in the
direct region forward of 15% chord correspond to the initial shapes and
are oriented by the initial twist distribution. Thus, they do not cor-
respond to those associated with the target twist. Consequently, if the
method correctly matches the input pressure distribution in the inverse
region from 15% chord aft, it should yield slightly diffe:ent pressures
near the leading edge and a slightly different final twist distribution.

Figure 28 compare the designed airfoil sections with the original
surfaces. Due to the manner in which these plots were constructed, if
the trailing edge of a designed surface is above that of the correspond-
ing original surface, then that design station has a lower twist angle
than the initial twist. As can be seen from figures 27 and 28, the
designed wing is considerably different than the original and has an
almost linear twist distribution.

As indicated above, the only way a design can be validated is to
analyze the designed wing and compare the resultant pressures in the
inverse regions with the target values. TFigures 29 present such a com-
parison for Case D, and it is apparent thaf the present direct-inverse
method did design a wing having the appropriate pressures in the inverse
regions aft of 15% chord. However, as should be expected, since the
leading edge regions were different then those.cofresponding to a true

linear twist case, the pressure distributions in the leading edge
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regions and the section lift coefficients were slightly different than
those of the target case. (The target lift coefficients were obtained
by an analysis of the target section shapes with a linear twist distri-
bution.) It is believed that the results shown on Figure 29 demonstrate
that the present method can be used to design an entire wing in super-

critical flow.

Test Case E

As a final test case, it was decided to design two non-adjacent
upper surface regions simultaneously with a lower surface region which
overlapped the upper zones. The Jocation of these inverse design
regions is shown on Figure 30. Likewise, Figure 31 compares the pres-
sures associated with the initial wing sections shapes to the target
pressures and to the pressures computed at the end of the design calcu-
lation. It should be noted that this case is for supercritical condi-
tion and trailing edge closure is not enforced. As can be seen, at sta-
tions where only one surface is being designed (e.g. 20%, 40%, 50%, and
70%) the pressure distribution on the fixed surface also changes due to
tﬁree dimensional effects from adjacent station which have been rede-
signed. However, as depicted on Figure 32, only the design surfaces
change form the original shape; and these surfaces are in reasonable
agreement with the target profiles.

Finally, Figure 33 compares analysis results obtained for the
designed wing with the target pressures. Even for this complicated
case, the agreement between the two distributions‘and between the actual

and target lift coefficients is excellent.
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CONCLUSIONS AND SUGGESTIONS FOR FUTURE WORK

A direct-inverse wing design method has been successfully incorpor-
ated into the TAWFIVE transonic wing-body analysis computer code. The
resultant code is capable of designing or modifying wings at both tran-
sonic and subsonic conditions And includes the effects of wing-body
interactions. A series of test cases have been presented which demon-
strate the accuracy and versatility of this inverse method.

Inclusion of viscous effects via the addition of the wing surface
displacement thickness and wake thickness when performing wing design
has been accomplished but not completely verified. Additional work will
be required to run a sufficient sampling of test cases for evaluation of
this design mode. The unique problems associated with viscous design
and the effects of the various viscous correction models available in
TAWFIVE would be the subject of a continuing research effort.

The development and evaluation of alternate methods of surface
‘relofting are also topics for which continued research is suggested. The
current method of reloffing restricts the user to a family of leading
edge geometries which can be constructed by the linear rotation of the
initial shape. The option of using other relofting methods would extend

the family of available shapes and add versatility to the design method.
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ABSTRACT

Verification, Optimization and Refinement of a Direct-Inverse Transonic
Wing Design Method Including Weak Viscous Interaction. (August 1989)
Robert R. Ratcliff, B.S., Texas A&M University

Chair of Advisory Committee: Dr. Leland A. Carlson

New developments in the direct-inverse wing design method in curvilinear co-
ordinates are presented. A spanwise oscillation problem and proposed remedies are
discussed. Test cases are presented which reveal the approximate limits on wing as-
pect ratio and leading edge sweep angle for a cuccessful design, and which show the
significance of spanwise grid skewness, grid refinement, viscous interaction, the initial
airfoil section and Mach number - pressure distribution compatibility on the final
design. Furthermore, preliminary results are chown which indicate that it is feasible
to successfully aesign a region of the wing which begins aft of the leading edge and

terminates prior to the trailing edge.
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NOMENCLATURE

A influence coefficients used in compensation terms
AR aspect ratio

cos cosine

¢ local chord

Ch airfoil section lift coefficient

Ct wing lift coefficient

Cyp pressure coefficient

¢ specific heat at constant pressure

cosh hyperbolic cosine

F Wing surface function in the physical domain

a speed of sound

a;; Fourier coefficients used in grid scheme

d the relative z distance from the sectional quarter chord point
f general function

|k determinant of the inverse jacobian matrix

H . inverse Jacobian transformation matrix

h enthalpy per unit mass

I,JJK grid locations in £, 7, ¢ directions
J Jacobian transformation matrix

M Mach number



P,Q. R

T, Y, <
Ydesign
Ymean

Yt

te

Jameson’s upwinding terms

pressure

compenéation terms

magnitude of physical velocity

radius, radial distance; coefficient of determination
Reynolds number

radius of fuselage

radius of wing tip

coordinates of the wing’s surface in the auxiliary plane
wing surface function in the computational domain
arc length along approximated wake location
velocity at the edge of the boundary layer

velocity vector in Cartesian coordinates

velocity components in Cartesian coordinates
contravariant velocity components

velocity vector in computational space

Cartesian coordinates

ordinate of the design section

mean ordinate of the target section

ordinate of airfoil at trailing edge

z+18

angle of attack
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sinh

T

T2

angle between the wall shear line and the external streamline of the bound-
ary layer

transformed boundary layer displacement thickness
magnitude of change in the airfoil surface in physical coordinates
user specified trailing edge thickness in units of chord fraction
ce-ntra.l-diﬁ'erence operator defined in Eq. (2-20)

relofting correction

boundary layer displacement thickness

degree of extrapolation coefficient .

ratio of specific heats

circulation

flow curvature at the approximate wake location

averaging operator defined in Eq. (2-20)

vector differential operator

reduced velocity potential function

velocity potential function

density

smoothing operator, standard deviation

hyperbolic sine

airfoil section thickness

original airfoil thickness

airfoil thickness at different Mach number

momentum thickness
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€ degree of smoothing coefficient

¢, 7 coordinates in auxiliary plane

£, n, ¢ transformed coordinates
Subscripts

avg average quantity

idle forward direct-inverse interface

idte aft inverse-direct interface

17 index increment

1, 7, k grid locations in the &, 7, ¢ directions
ky value at the wing's surface

l lower surface

le leading edge

o stagnation conditions

s singular line location

T iteration time level

te trailing edge

u upper surface

w wake

z, y, z components in the z, y, z directions
3] freestream conditions

£ m, ¢ components in the £, 7, ¢ directions

Superscripts
n iteration time level
o degrees
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CHAPTER I
INTRODUCTION

With the advent of efficient numerical schemes that accurately model the ir-
rotational transonic flow about complex configurations such as wing-bodies and the
appearance of computers with memory capacities and computational speeds neces-
sary to execute these schemes in a reasonable amount of time, the efficient design of
wings for transonic flight is quickly becoming a reality. Although transonic potential
schemes combined with integral boundary layer solvers may not model the real flow-
field as accurately as Euler or Navier Stokes schemes,!™3 their use can significantly
reduce the costs and time expenditures associated with transonic wing design.

There are basically two general types of inverse design methods: inverse solvers
and predictor/corrector (P/C) methods. In the P/C type methods, an analysis code
is used to calculate the flowfield for an arbitrary initial geometry; and then, this geom-
etry is systematically modified by considering the differences between the calculated
and target pressures. The changes to the airfoil sections can be obtained through
optimization type procedures; or, as shown by Campbell* the appropriate geometry
changes can be systematically determined by using a design algorithm which relates
pressure changes to changes in airfoil curvature.

An example of an inverse solver is the direct-inverse transonic wing analysis-

design method, which has been under development at Texas A&M University.5~1% In
Journal model is ATAA Journal of Az'rc'raﬁ
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this method, the wing geometry 1s deternﬁned by specifying pressure distributions
over part of the wing and then solving the mixed Neumann and Dirichlet boundary
value problem associated with the full potential equation for compressible flow via
finite difference and/or finite-volume techniques. The specified pressure distributions
can be selected by the experienced designer to have such desirable charactenstics
as weak or nonexistent shock waves, a slowly increasing adverse pressure gradient to
limit boundary layer separation, a center of pressure Jocation giving a desirable pitch-
ing moment, or an efficient spanwise loading. The designer may also use wind-tunnel
tests of successful airfoils as an aid in picking a desirable pressure distribution. The
direct-inverse technique has been successfully used in stretched and sheared Carte-
sian coordinate s:."steemss‘1""16'17 and most recently by Gally**~® in a curvilinear
coordinate system.

It would be convenient if only the inviscid fowfield had to be included in the
design process; but, unfortunately, it has been verified through transonic wind tunnel
tests at low Reynold’s numbers and flight testing at high Reynold's numbers that vis-
cous effects are very significant!®. For example, as the Reynold's number increases,
the shock wave location is further aft on the wing. Thus. the shock wave in a viscous
flowfield (finite Re) is located further upstream than that predicted by an inviscid
(infinite Re) flowfield calculation. Although the inclusion of the viscous interaction
significantly weakens the shock strength compared to inviscid results, the accompa-
nying upstream displacement of the shock wave causes the sum of the differences
between the upper and lower surface pressure distributions to be smaller than in

the inviscid case: hence, the wing lift coefficient will be smaller in the viscous case.
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Furthermore, it has been discovered that a wing using an aft-cambered airfoil section
designed inviscidly for transonic conditions might develop 25-50% less lift in a viscous
environment®.

In light of the previous discussion its obvious that viscous effects must be taken
into account through some means. One approach that applies in cases where there
are no regions of massive separation is referred to as the weak viscous interaction
technique. Since the weak primary viscous interaction effect is the formation of a
boundary layer on the wing which effectively makes the airfoil thicker, the external
streamlines for the wing boundary of the inviscid potential field are shifted outwards
by a distance called the displacement thickness. This shifting is due to the decrease
in velocity of the fiuid in the boundary layer*S. Thus, to include the effects of weak
viscous interaction in an analvsis of a wing, one simply needs to determine the po-
tential solution for the surface. find the displacement thickness using the properties
associated with the streamline representing the body, add this displacement thickness
to the original surface, and repeat the process until the displacement thicknesses and
the potential field converge.

Weak viscous interaction can be included in the inverse design process in much
the same way. In the inverse regions, where the pressure boundary condition is
applied, the new surface which approximately satisfies the boundary condition is
calculated periodically by an integration of the flow boundary condition. At that time,
the displacement thickness from the boundary layer calculations can be subtracted
from this new surface to yield the hard or actual designed airfoil. This process can

be carried out iteratively until there is an insignificant change in the displacements
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due to bouﬁdary layer interaction and the inverse boundary condition, and in the
flowfield’s potential solution.

Fortunately, there is a computer program called TAWFIVE (for Transonic Anal-
ysis of a Wing And Fuselage and Interacted Viscous Effects) which not only has the
capability of computing the potential field about a wing and fuselage combination
but also contains a robust three dimensional integral boundary layer scheme which
provides the necessary viscous effects in the form of boundary layer displacement
thickness, wake curvature, and wake thickness. It should be noted that a three
dimensional boundary layer code is desirable in order to properly predict the in-
creased decambering of the sections near the tip due to the cross flow in the bound-
ary layer’®. In TAWFIVE, the inviscid numerical scheme is based upon Jameson
and Caughey’s FLO-30 conservative, finite-volume, full-potential low method where
computations are performed on a body-fitted, sheared, parabolic, wind-tunnel type
. coordinate system. The three dimensional boundary layer scheme added by Streett?°
to the originally-inviscid code computes the first order, weak, self-consistent, viscous
interactions which include the toundary layer displacement effect on the wing's sur-
face, the displacement in the wake, and the curvature/pressure jump in the wake.
The boundary layer on the wing is found using a compressible integral method for
laminar and turbulent flow with a fixed transition location. The turbulent method
was based on work by Smith®!, while the laminar method was developed by Stock??2.
Small regions of separation are also modeled. This latter feature is an important ad-
dition for successful convergence, since small regions of separation often occur in the

initial stages of computations behind shockwaves, in the cove region of aft-cambered
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airfoils and near the trailing edge on the upper surface of the wing, even though
they may not exist in the final converged solution!!. The parameters in the wake re-
gion are computed in streamwise strips using a two dimensional entrainment integral
technique. This method has been deemed valid for transport type wings?0,

Gally*=15 has successfully incorporated the inverse design process into the
TAWFIVE program. Since the modifications made were compatible with the existing
computational methods and program structure of TAWFIVE, his work resulted in
a versatile design code capable of allowing the user to design an entirely new wing
or even discontimuous, nonadjacent segments of a wing. The latter option may be
invaluable to engineers who are tvpically faced with the dilemma of designing around
regions where the wing geometry may be fixed by constraints other than aerodynamic
considerations. As seen in Fig. 1 these segments can even be non-adjacent upper or
lower surfaces with overlapping lower or upper surfaces respectively.

On the other hand, as a consequence of the inverse method, previous experience
has revealed that specified pressure distributions may not be imposed in regions less
than about ten percent behind the leading edge of the wing section. This limitation
was due to the difficulties associated with enforcing the pressure boundary condition
near the leading edge of the airfoil where the vertical velocities are large. However
this feature was not viewed as a real limitation since the leading edge regions of most
airfoils are similar, the leading edge shapes may be constrained by non-aerodvnamic
factors, and since a leading edge geometry can be selected to produce the desired

pressure values at the beginning of the design region?!?.
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Moreover, the imposed pressure distributions may often lead to an impractical
airfoil that has an excessively blunt trailing edge or one in which the upper or lower
surfaces cross prior to the trailing edge resulting in a fish tail shape. An excessively
blunt trailing edge might cause a wing to have an excessive amount of drag due to
base pressure at the trailing edge, while the fish tail shape would be impossible to
construct. Since the nose shape or curvature has been shown to control trailing edge
closure,10:12:23.24 thece undesirable shapes can be eliminated with a procedure which
systematically modifies the leading edge thickness di:f»tribution called relofting. Two
types of relofting procedures have already been included in the program by Gally.
One is a simple linear rotation scheme where the surface being designed is rotated
about the leading edge a proper amount to achieve the desired trailing edge thickness.
In the second procedure, the leading edge is proportionally thinned or thickened a
proper amount so that the relofted leading edges are in the same family of airfoil
shapes.

Gally’s original design code has been tested in a variety of ways for a Lockheed
Wing-A wing-body. The self-consistency of the approach was tested by designing
airfoil sections using certain desired pressure distributions, analyzing the resulting
designed airfoils, and then comparing the desired pressure distributions input to those
found through analysis. In all of the inviscid cases considered, the code proved itself
consistent; the section lift coefiicients of the designed and target sections and the
respective pressure distributions were in strong agreement. The relofting procedures

and the ability of the code to make large surface changes was verified by transforming
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a 12% thick airfoil at supercritical condit-ions to a 6% thick airfoil at subcritical
conditions in the same NACA family.

Although the code worked well for the inviscid cases attempted, there were
some modifications and test cases which were required to make this code more valu-
able. For instance, since Streett found that the wake effects (wake displacement and
curvature) were relatively important in the calculation of the lift distribution on a
three dimensional wing,?? presumably their includsion in the design process would be
important as well. This was investigated by utilizing the wake options in the code and
and comparing their effect on the design of a wing. The logic necessary to include
the viscous effects in the design process originally added by Gally was tested and
modified where necessary.

Recently, a spanwise decoupling in the design regions which led to instabilities
in the design solution was observed. The supposed source of this instability and the
various methods used to combat this problem will be discussed later in the report.

One modification added to the program, which helps smooth out the rippling
spanwise varlations in the wing and give the designer acided versatility, is an option
where the user specifies pressure distributions at the edges of the design region and
then the changes in the thicknesses of the airfoil sections calculated by the program for
those stations are interpolated and added to the stations delimited by the edges. This
approach is different from the original method where the target pressure distributions,
not the change in thicknesses, were interpolated to the stations in the design region.

Since the designer is admonished in the TAWFIVE user’s manual®® that the

wing is not modeled accurately enough to allow analysis of very low-aspect ratio
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wings and that grid problems may be encountered for wings which have high taper
ratios or sweep angles, three wings of different aspect ratios and sweep angles will be
used in the inverse design process to approximately delimit the range of geometries
applicable to the present design code, TAWS5D.

Because of the high computer costs associated with executing this program for
fine computational grids, results will be shown which will reveal how fine the grid
needs to be for satisfactory preliminary designs.

In summary, this thesis presents developments in the inverse design method.
It includes a brief description of the analysis and design methods and techniques
used to suppress a spanwise oscillation problem resulting from the interaction of the
design method with the potential solver. In addition, it presents a series of test cases
that reveal the lack of dependency of the design on the initial airfoil section, the
importance of including viscous effects in wing design. and constraints due to aspect
ratio, wing sweep, spanwise grid skewness. In addition, some questions about the
necessary refinement of the grid and about any necessary constraints due to Mach-

number-input-pressure-distribution compatibility will be answered.
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CHAPTER II
DESCRIPTION OF TAWFIVE

As was stated in the introduction, the inverse-wing-design program, TAWS5D,
which was originally modified by Gally,’*~1° uses as its core the computer program
TAWFIVE, which can be broken into three major sections: the inviscid, transonic,
potential flow solver; the cylindrical/wind-tunnel type grid generation scheme; and
the three dimensional, laminar and turbulent, integral boundary layer code included
by Streett2® which is based on the works of Smith?!, Stock®® and Green.?®?% Since
the theory behind the code is spread across numerous references, an attempt will be

made to summarize its formulation in a succinct fashion for the reader’s convenience.

II.1 FLO-30

The transonic potential fiow solver, FLO-30, **7%% by Jameson and Caughey,

is a finite volume method which solves the full potential equation in divergence form
(pu), = (pv), + (pw), = 0 (2-1)
transformed from Cartesian to curvilinear coordinates :

(phU )¢ + (pRV), + (phW), = 0 (2 - 2)

§
The derivation of the transformation of Eq. (2-2) is presented in Appendix A.
An expression for the local density, p, and the local speed of sound, a, nondi-
mensionalized by the appropriate freestream quantities can be found by beginning

with the energy equation
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where ¢° = (w?+ 4%+ w?) g2,

Then assuming the existence of a perfect gas such that

h=¢,T = 2—-4
T = (2-4)
the energy equation becomes
T=1s 2 7-1, .
Next, assuming freestream and stagnation conditions such that
1 = 4o ] = Qo
(2-6)
g2=0 az = g,

and upon normalizing all the primitive variables by the appropriate freestream quan-

tities

. p __p
rp= 5 p=—
Pools Poo ~
a _ T (2—1)
Qe Ty

The bars on the nondimensionalized quantities will hereafter be omitted for conve-
nience.

Eq. (2-53) becomes

¥y—1 1
= 2 2—8
2 zlfgo ( )

)
O

The local speed of sound is obtained using Eqgs. (2-3) and (2-8), yielding

- () (5

Using the isentropic relation

Lo (2 - 10)



and realizing that
1

= 2-11
Poo = JME, @-11)
the isentropic relation becomes
p7
= 2-12
P yMZ, ( )
Then making use of the speed of sound relation
at=2 (2 - 13)
p
a relation for density is found
2
p=(aMs)TT (2 - 14)
which for air can be simplified to
) _:"__l : 5
NELNE
U Qoo

This expansion is the actual form used in FLO-30, but the more familiar formula for
density is shown in Eq. (2-16) and can be easily determined by substituting the speed
of sound relation of Eq. (2-9) into Eq. (2-14).

y-1

p = 1—:—1_2;1-&!; (l—uz—-vz—'wz) (2 - 16)

The nonconservative form of Eq. (2-1) shown in Eq. (2-17) can be determined
by expanding the derivatives of Eq. (2-1); substituting in the appropriate derivatives
of the density using the expression in Eq. (2-3); multiplying by fz; and then imple-
menting the equation of state for a perfect gas, the definition of the speed of sound;

and finally defining the velocities in terms of a velocity potential, o.

(0-2 - u2) bzz + (a2 - _v'l) _éyy - (a2 - wz) ‘é::
(2 — 17)

— 2uvgry — 2vwoy: — 2uwd: =0

A3
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Both of these forms are valid for isentropic, irrotational flows of Mach numbers
ranging from zero to transonic?®; but, by using the conservative form of the potential
equation, a finite difference scheme will result®® which conserves mass, especially in
areas containing large gradients such as with the flow through a shock. Although,
nonconservative schemes have been successively implemented due in part to the fact
that the effective mass production at the base of the shock wave fortuitously models
the shock/boundary layer interactions, the best approach may be to use a conservative
scheme with viscous corrections added by a separate boundary layer model®”. This
approach is the method utilized by TAWFIVE to include viscous effects.

FLO-30 uses a finite-volume type scheme which makes use of a staggered box
approach. Its formulation is directly analagous to the control volume approach used
to derive the original PDE in Eq. (2-1), except in the finite-volume scheme, the
discrete nature of the finite difference model is considered from the onset by using
a finite control volume in the neighborhood of a grid point in the ﬁ-nite-difference
mesh®®. This method is best illustrated by using it to discretize the following two-

dimensional, incompressible version of Eq. (2-1) written in Cartesian coordinates
de b vy =0 (2 -18)

With the aid of the two-dimensional box shown in Fig. 2, it can be seen that the
staggered box scheme derives its name from the way in which the primary and sec-

ondary boxes interlock. The values of the potentials at the four grid points which
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make up the corners of each primary box are used to calculate the velocities, u, v, in

the following manner:
u= ¢ =,U'y5:,o

(2-19)
v =0y = 6,0
where y and & are averaging and differentiating operators respectively and are defined

by Jameson as

pef = % (fi+§.j+fi—%d) (2 — 20)

bef = finy s~ ficyy
where it is assumed that Az = 1. Therefore, the velocity, u, for instance, at the

primary box center located at (i + %,j + %) is found by

($iv15 = i) + (Six1,5+1 — Sij+1) 5
= (2 - 21)
TIJITE 2

1= (#yéz‘f’)i

Yicdj+}

L5



The flux at the midpoint of each secondary box is determined by averaging the ve-
locities u and v at the corners of that box in the y and z direction respectively; and

the net flux into the secondary box at (1,7) i1s obtained, giving the discretized version

of Eq. (2-18)
pybz (u) + pzby (v) = 0 (2 -22)
where for example
' U, 11— U _3 1+u-.1-.1—‘u-1-.1)
1+5,7— 1— %, 7— I+ %04 1—x% 0= ;

The previous discussion implicitly assumes that the velocity varies in a linear fashion
between the primary cell centers so that the flux into the top of the secondary cell

face would be, for instance:

(2 - 24)

HEPRES i-

Jameson and Caughey found that this lumping of the fluxes at the primary cell centers
reduced to a rotated Laplacian type difference scheme and hence to an uncoupling
of the solution between adjacent grid points. Therefore, compensation terms were
added which basically extrapolate the fluxes from the corners of the secondary cell
to a distance, ¢, towards the midpoint of each secondary cell face. Considering Fig. 3

. o= . . . . P IR
and using an € = .25, the flux, u. at the corresponding grid location (i + 3, + 1) is

1.1
3J72

)5 [ 0
U. .1 . 1 =U- .1 .,1— .2 —~
1=5J+T3 t+3.JtT3 ay i
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where

Ou

—_— — “» . 2_.

(5) ., .y = for(Oentiny (2-20)
SlTEITT

When all the fluxes are extrapolated in this manner, the fluxes at the secondary cell

centers become

U- . - . -
) _u'x+%.1—§ e(o”)i-%r‘-: P UG- E(ozy),.l_lj..!
1-1'%.,"' - 2
U._1..1—¢€ . +u 1+ e(d 1. 1
N (2y);_3 juy T Uisy oy T e(bay)ing iy
1 . —
T 2 (2 - 27)
. Visdjed T €(Ozy)i1 1 Ty T €(Gzy)i1 521
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When the net flux into the secondary box is accounted for, Eq. (2-22) becomes

pybau 4 prbyv
' (2 — 28)

- € ((d’zy),}%d;.% - (¢zy),‘+§‘j_% - (¢zy);_§_j+§ + (¢zy)i_%‘j-%) =0

which is equivalent to
P*yy‘szzd’ + F::ayyfé.— C‘Szzw‘?S =0 (2 - 29)

(Typically, € is .25)
Notice that the compensation terms lead to a fourth derivative of the potential; this
higher order derivative will become important later in the discussion of a spanwise

oscillation problem that occured in the design process.

The previous concepts can be extended to three dimensional compressible flow
in curvilinear coordinates by considering eight primary boxes as shown in Fig. 4. The

three-dimensional potential equation
(phU)e + (phV'), + (phWV), =0 (2 —30)
is again descretized in the same way as in the two-dimensional case to give
pncle (PRU) + peebn (pRV) + peqabe (phW) =0 (2 -31)

The same averaging scheme is used in this case except that the derivatives now have to

be averaged in two of the coordinate directions instead of one. For example, (ph¥V),

becomes:
(nenbeph W), 5\ =
(PhWig sayimt + AWy s aay + PRWi g iy + AT
4
B (Ph"Vi+§,j+§.k+§ - PhWi+§.j—;.k+§ - PhWi-g.,-rl k+3 7 PhWi—,},.,-; k+;)
4



Fig. 4 Three dimensional staggered box finite-volume cell
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Since relating the potential, ¢, to the contravariant velocities, U, V, and, W may
be somewhat unclear to the uninitiated, it is explained here for convenience. First,

considering the the full potential function, &, defined as
® = ¢ + zcos(a) + ysin(a) (2 - 33)

the standard chain rule can be applied to it to give u, v and, w as follows:

éa¢)-— 665é%§ . aaséﬁz.; éﬁééﬁ; - COS O

8z 8¢ 6z  Onbz = (=

v=?_?i=3_0§§+_(?2§2_:§_26_g_:5ma (2 — 34)

=5 =565 T 6T 600
Defining
. E: = } . .
Ji=1& Ly (2 -35)
- < Q:
and realizing that
-1
] = [HT] (2 — 36)

where H is the transformation matrix defined by
If Zn Ic
H=|y v ¥ with h =|H]| (2 -37)
:5 <n :C
the physical velocities, u,v,w normalized by go can be related to the gradient of the
reduced potential function, &, by

<5>=[HT}1<Z§)4—<§?;§> (2 - 38)
w o¢ 0

/

Note that since the grid point coordinate locations in the physical space, (z, y, =),

are generated as functions of (£, 7, (), it is convenient to use H instead of J explicitly.
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The contravariant velocities U, V, W, whose directions lie along the correspond-

ing &,7m,¢ grid lines are related to the physical velocities by :

<g> H'l(u> 2 -39
w) w 2-3)

and the derivatives of the potentials and the metrics are defined as:

&g = pincbe (¢) z¢ = pncde (2)
¢5 = Heebn (0) ye = pncSe (¥) (2 — 40)
O¢ = peabe (9) z¢ = ncbe ()

The density, p, and Jacobian, h. are evaluated at the centers of the of their respective
primary cell centers. Again, by lumping the fluxes at the corners of the secondary
cell’s corners, the solution 1s decoupled on odd and even grid points leading to two
independent solutions. This problem 1is remedied with compensation terms which
again move the evaluation location of the fluxes to a point somewhere in between the
corner and the midpoint of the secondary cell face. When this procedure 1s performed

for all the cell faces, the potential equation takes on the form of

pncbe (PRU) + 1l (phV) + Bende (ph¥V)

1 (2 —41)
—¢ <#<5an5n + 1ebncQnc + HnbeeQce ~ §5sn<Qen<> =0
where the Q’s are the compensation terms defined by Jameson as :
Qen = (A¢ + Aa) Bben®
Qn¢ = (4g + Ag) mebnc
(2 — 42)

Qe = (A¢ + Ag) #abeed

QEn( = (-‘15 + A+ AC) ‘ancd’

2 3



Here, Ag, Ay, A¢ are the influence coefficients which compensate for the dependence
of p on ¢¢, &n, and @;. These terms end up being the coefficients of of ¢¢¢, dny and
é¢c in the expanded form of Eq. (2-30)%.

Since the formation of entropy through a shock wave has been neglected through
the use of the potential function, artificial viscosity must be added to eliminate the
physically unrealistic solutions. In general, if central differences are used throughout
the flow field, it is possible for the solution to predict discontinuous expansion shocks
followed by compression shocks. This situation is a case where entropy decreases
which is a physical impossibility, and is remedied by adding Jameson’s303! P, @, and
R terms which provide the necessary artificial viscosity by producing an upwind bias
in the supersonic zones. The form of these terms can be found by formulating the
potential equation in streamline coordinates which reveals the true zone of dependence
in the supersonic zones. Then in these supersonic zones, the second derivatives of
the potential, o, included in the streamwise term are formulated with upstream or
backward differences while the second derivatives included in the crossflow term are
differenced centrally®®. As shown in the final form of the following finite volume
equation, the terms are formulated in such a way as to maintain the conservative

form of the potential equation.
tncSe (pRU + P) + peeby (phV + Q) + penlc (phW + R)

' S F0) (2 — 43)

This numerical equation is then embedded into an artificial time dependent

equation
0 d a
= (phU + P) + == (phV + Q) + = (phV + R
8¢ ) n ) 9 (e ) (2 — 44)

-+ compensation terms = ad¢r + 86,7 + 70T + 80T

13



and solved via a successive line overrelaxation (SLOR) scheme which sweeps in the
¢ direction along constant ¢ surfaces starting at the root of the wing and implicitly
solves for the potentials in the 7 direction. Equation (2-43) is a direct statement of
the conservation of mass and should approach zero as the solution converges.

After obtaining a solution on a coarse grid, grid halving is used so that the finer
grid has a better initial approximate solution, thus speeding up the convergence of

the solution.

I1.2 Grid Geometry

The computational grid used by the potential solver, FLO-30. is a body-fitted,
curvilinear mesh which can be wrapped around a generalized wing-fuselage combina-
tion that is symmetric about the x-z plane. A body-fitted grid system is desirable n a
full-potential scheme when the boundary conditions are applied at the actual surface
of the airfoil. With a body-fitted grid, no interpolation is required and the boundary
conditions are easiiy and accurately applied. Because of the shape the grid system
resembles, it is called a wind-tunnel type grid. An example of this grid is portrayed
in Fig. 5. The grid shown is the coarsest mesh and has 40 x 6 x 8 points in the {, 7,
and ¢ directions respectively. With this grid, the wing becomes a constant 7 surface,
and each cylindrical looking shell is a constant surface. Constant ¢ lines can be
seen running spanwise on the wing at constant chord fractions from the leading edge.
Notice also that due to the conformal transformation used®?3% constant ¢ line§ are
packed close to the leading edge of the wing. This clustering is an attractive feature

when designing airfoil sections using the direct-inverse approach. Moreover, constant
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Fig. 5 Conformal grid topography
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¢ lines are spaced evenly on the wing and, on the finest mesh, give the designer up
to 21 spanwise statians where the pressure distributions can be specified. As can be
also seen from the figure, the lines of constant § and 7 are nearly orthogonal on the
constant ( surface’® shown at the wing tip of the airplane, while lines of constant £
and ( on surfaces of constant 7, such as the wing, are not orthogonal except, of course,
for cases where the wing has no sweep or taper. The lines of constant ( leaving the
surface of the wing are nearly orthogonal to the surface; this fact will be important
later on in the discussion of the wing-design methodology.

The computational grid system is created using a series of analytically-defined
algebraic, conformal, and shearing transformations to transform the the wing-fuselage
combination and surrounding flowfield in the physical space to a box in the compu-
tational space shown in Fig. 6. Following Caughey??, the polar coordinates 7 and 6

are defined in the crossflow planes as

r=(y2f:2)7 (2 —45)

g = tan™! (y_-) (2 — 46)

The fuselage surface. which is symmetric about the x-v plane. is defined by 7 =
Rys(z,6). All points in the flowfield are then referenced to the surface of the fuselage
at the same z and # location and normalized by the distance between radius, Ry, of
the cylindrical surface passing through the wing tip and the radius of the fuselage,

R at the given z and 6 location :

(2 — 47)
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This normalization causes the lines of constant 7, or equivalently &, on the surface
of the wing to be curved in the x-z plane so they will not coincide exactly with the
chord line of the airfoil section. This procedure also maps the fuselage to a shit in the
computational domain. This type of normalization allows for high, low, and mid-wing
configurations.

The function Rf(z,) is found through a Fourier decomposition of the user-

defined fuselage cross sections such that

m

Ry(z;,8) = Z aijcos j(6 +

i=1

) (2 — 48)

| =)

The coefficients. a;;, which are assumed to be continuous functions of z, are spline
fitted in the z direction for each j. The required radius of the fuselage can be found
for any point on the wing, or in the flowfield, by interpolating these coefficients to
the desired z.

A singular point is located at the focus of a parabola which 1s fit to the leading
edge of each wing section with a least squares curve fit. The wing sweep, taper and
dihedral are accounted for by referencing the coordinates in each surface of constant
7 to the location of the singular line, which is the locus of points comprising the

singular points, z,(7), §,(7) at the leading edge of the wing.

(I - I.Q(F))

c(7)

+ log (2) (2 —49)

I =

S
it
o
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Fig. 7 Section surface and wake representation at a constant 7 station in the

normalized plane

This nqrmalization eflectively maps the wing’s planform to a rectangle in the compu-
tational space. The 8 coordinates of the wing corresponding to the given 7 and z are
found by linearly interpolating the coordinates of the airfoil sections at input stations
defining the wing in the spanwise direction. Then at the intersection of a surface of

constant 7 with the wing’s surface shown in Fig. 7, the wing section and the wake is

transformed into a bump in the conformally mapped plane, as shown in Fig. 8, with
the inverse of the conformal transformation
z +i8 = log [l — cosh (f'—l—in’)] (2 - 31)
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Fig. 8 Section surface and wake representation at a constant ¥ station in the

auxiliary plane

Fig. 9 reveals an entire constant 7 surface in the auxiliarv plane. A function § (¢'.7)

is defined to be the n' coordinate corresponding to the wing’s surface defined by the
77 p (=] (=]

input geometry at a constant 7.

The 7' coordinate is sheared out with a simple normalization according to
¢=¢, n=7/S(,7), (=7 (2 -52)

so that the wing surface lies on a coordinate line in a nearly orthogonal coordinate

system of ( = const.

Next, the spacing of the coordinate points in the physical domain is controlled

by introducing a Cartesian grid into the &,7,( computational domain where

~&im €< &limy, 0S50 <1, 0SCS Gim (2 —353)
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Since the derivatives of the spatial coordinates needed for the transformation metncs
are evaluated numerically, stretching to infinity is impossible; thus the computational
domain is truncated a finite distance away from the airplane. The outer limits of {
and ( are chosen such that the grid stretches out far enough from the wing-fuselage so
that freestream boundary conditions can be safely applied. These constants are not
user specified, but rather are hard coded in Subroutine COOR of TAWFIVE, such
that the distance of the outer boundary from the fuselage is about 3 wing spans. This
distance is probably more than sufficient for most applications; but if a low aspect
ratio wing is used, which has a large powerful potential vortex at the wing tip and
significant amounts of spanwise flow, the aerodvynamicist may want to increase the
outer boundary distance.

The ¢,7 and, ¢ functions for a coarse grid (40x6x8) are shown in Figs. 10-12.
Notice that distribution of £ between grid points 8 and 24, which corresponds to the
upper and lower trailing edges respectively, in this domain varies linearly and evenly
on the wing and then varies quite quickly into the wake ending at a downstream
location where the flowfield is assumed to be nonchanging. The { stretching function
has the same form, but of course the outer limit at K = 12 determines the outer,
radial boundary where the freestream conditions are imposed, which in this case,
as mentioned earlier, will be about 3 wing spans. The 7 stretching function varies
in a parabolic fashion from the wing’s surface at J = 14. Although this stretching
does seem to pack grid points close to the surface of the wing, since 7 is basically an
angular ordinate, the grid spacing above the wing becomes greater as one proceeds
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Fig. 10 Stretching function for the £ (I) direction

towards the tip. This increase means that the resolution at the tip region is much less
than that at the root, but this is countered later with a radial correction so that the
grid spacing immediately above the wing 1s essentially constant for every spanwise
station.

Once the function S (¢',7) has been linearly interpolated to the new £ coordi-
nates, the physical coordinates of the grid system can be fopnd through the reverse
procedure. First, ¢ ', and 7 are found using Eq. (2-52). Then Eq. (2-51) is

used to extract ¥ and 8. But before this operation 1s performed, Z and g have to be
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separated in Eq. (2-51). First, both sides are exponentiated and the definition of the

hyperbolic cosine is used so that Eq. (2-51) becomes
(e{’ei"’ - e_fle"i”>
Using Euler’s identity,
€'* = cos(z) + isin(z)
rearranging, and separating imaginary and real parts, gives
5 - 1 ) ¢ —¢
€ cos<9=1—§cosv7 (e +e )

2 . = 1 . ! !
e“sinf = —;smn' (ef —e"f)

“~

a4

(2 — 54)
(2 —55)
(2 — 36)
(2 —57)
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Fig. 12 Stretching function for the ¢ (K) direction

Dividing these two equations by each other and solving for § explicitly yields

—sin7'sinh ¢’ } (2 - 58)
2-5

§ = tan™?
o {1 — cos 7' cosh ¢’

Next Z is found explicitly by first using a trigonometric identity and Eq. (2-38) to

generate
—sinn'sinh ¢’ (2 - 59)
2 R .42
\/El — cos ' cosh ¢')” + sin 7' sinh” £

Substituting this into Eq. (2-57) and performing some algebra gives

sinf =

z = In (cosh ¢ — cos ') (2 — 60)

So given ¢' and 7' from the previous steps, the normalized coordinates Z and § are
obtained for all the grid points in the domain. At this time, two more special stretch-

ing functions are introduced. One function is used to further stretch T downstream
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Fig. 13 Compaﬁson between stretched and unstretched 6

of the wing and another scales § such that nearly constant grid spacing is achieved
immediately above the wing from the root to the outer boundary. The effects of the
stretching functions can be seen in Fig. 13.

Notice that this conformal transformation packs grid lines at the leading edge
of the wing where the gradients are large. This clustering is an attractive feature for
the inverse design procedure. However, it is paired with the disadvantage that the
chordwise grid spacing is large at the trailing edge where high resolution is needed to
accurately satisfy the Kutta condition and to resolve trailing edge pressures accurately
especially with those generated by aft cambered airfoils.

Equations (2-49) and (2-50) are inverted to give = and 6 and then Eq. (2-47) is

inverted to yield r for a givern z and 8. This last step requires extensive interpolation
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to find the radius of the fuselage, Ry(z,8), for all of the grid points. Then Egs. (2-
45) and (2-46) are used to find the physical coordinates y and = of the grid. Finally,
coordinates of the points located in ‘ghost’ surfaces are obtained through simple linear

extrapolation of the adjacent crid points along the appropniate £,7 or,( grid line.

11.3 Boundary Conditions

There are a number of boundary conditions which must be applied to the math-
ematical model of the physical flow about the wing-body. These include flow tangency
on the wing, fuselage, and the symmetry plane; appropriate far-field boundary con-
ditions at the finite limits of the computational domain; the Kutta condition at the
trailing edge of the lifting wing: appropriate treatment of the wake; and the compu-
tational slit outboard of the wing tip.

I1.3.1 Flow tangency

The fiow tangency condition is easily implemented due to the curvilinear system.
The fluxes above the surface need only be reflected to the ghost points beneath it so
that the net out of plane component of the flux vanishes at the surface. In the case

of the wing this becomes

phUz’,ky—I-%.k = PhUi‘ky—%vk
PRV py sy = =RV k1 i where: ky = Juing (2 - 61)

PAW g3k = PRV, hy—1 .k
Similarly for the symmetry plane

PRU; 135 = PRU; 53 &

ph,Vi,l%‘k = —PhVi,'z%,k where: 7 = 2 on the symmetry plane (2 — 62)
phWa‘.l%.k = PhWi.z%.k
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While for the fuselage this becomes
phV; jal = phV’; jad where: k = 3 on the fuselage (2 — 63)
- 2 (P A

ph”",-lj‘._,% = —ph "‘i‘.j.s%
The previously discussed compensation terms and upwinding terms are also similarly
reflected in an appropriate manner.

Potentials at the ghost points located at grid points beneath the surfaces are
needed for the calculation of surface velocities used in the upwinding terms and the

surface pressures. These are found for the wing and fuselage by setting the approprnate

contravariant velocity to zeroin

U -1 [ % cos a
= [ TH] 6r | ~H™ | sina (2 — 64)
W o¢ 0

and using the resulting equation to solve for the unknown potential at the ghost point.
In the case of the fuselage, this method of defining the ghost points is used solely when
they are needed in the calculation of the upwinding terms in the residual expression.

When the pressures are calculated, the ghost points are defined by assuming

so that the potential at the ghost point is, in effect, linearly extrapolated in the span-
wise direction. As seen in Fig. 14, these two methods lead to quite different values.
The first leads to a discontinuous spanwise variation in the potential while the second
has a much smoother variation. The first approach guarantees that the flow will be

tangent at the fuselage, while the second does not. However, the pressures calculated
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Fig. 14 Comparison between the ghost-point potentials defined with flow tangency
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at the root are fairly independent of the method used to define the potentials at the
ghost points in the fuselage.
The potentials at the ghost points of the symmetry plane are similarly calculated

by assuming

oy =0 (2 — 66)

This process imposes an inflexion point on the pertubation velocity in the n direction
at the symmetry plane since only symmetrical cases are treated. It is uncertain why
©n was not set to zero instead to approximate tangency at the plane of symmetry.
However, this situation is rather academic since these ghost points are used only for
supersonic regions adjacent to the symmetry plane to compute the small spanwise
upwinding term.
11.3.2 Far-field boundary conditions

Since the reduced potential used in the formulation of the numerical method
represents a pertubation from the freestream value, they are set explcitly to zero on
the radial boundary, {max, and the upstream boundary represented by part of the
minimum 7 surface.

At the outflow boundary, ({ = fmin,max)’ the streamwise pertubation velocity,
@¢ 1s set to zero. This latter condition implies that the pressure will return to its
freestream value, assuming that there is not any crossflow®:.
I1.3.3 Wake treatment

In the original method of FLO-30, the wake is treated as a vortex sheet which

has a discontinuous jump in the tangential velocity and a continuous normal velocity
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through the sheet. The rolling up of the sheet is ignored and the vertical convection
of the sheet is approximated by assuming that the wake lies along the constant 7
grid line that leaves the trailing edge smoothly and returns to the plane of the wing
at the outflow boundary. The requirement that the normal velocity be continuous is
enforced by setting 13, = 0 on the wake. which fixes the values of the potentials at the
ghost points, and the jump in the tangential velocity is satisfied by forcing a constant
jump in potentials on the the surface of the sheet along a constant ¢ and 7 line. This
jump in potential is obtained using the circulation determined at the trailing edge of
the wing.
11.3.4 OQOutboard computational shit

Due to the C-grid type formation of the grid, there exists a computational slit
outboard of the wing tip on the plane of the wing. Since physically the pressure must
be continuous across this cut, the potentials on the surface and at the corresponding
ghost points are defined such that the reduced velocities normal and tangential to to

the surface are continuous across the slit.

II.4 Boundary Layer Scheme

I1.4.1 Integral method

Streett? included an integral boundary layer scheme in TAWFIVE to account
for the necessary viscous effects in the form of the boundary layer displacement thick-
ness, wake curvature and wake thickness. An integral method was chosen for its

computational efficiency and its relative robustness.
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In an integral approach the degree of the partial differential equations is reduced
by an a prioriintegration in the direction normal to the surface.?! This reduction can

be illustrated by considering the boundary layer equations governing a two dimen-

sional incompressible flow!?:

du Ov
— e —— — R i
5z " 5y 0 (2 -67)
Ou  Ou .dU d-u
U + v

(2 —68)
If Eq. (2-68) is integrated with respect to y from the wall (y = 0) to a distance A

outside the boundary laver, it becomes

T (2 — 69)
p
where 7, is the shearing stress at the wall.

Using the continuity equation. Eq. (2-67). to obtain the normal velocity component,
v, as

(2 - 70)
and substituting this result into Eq. (2-69), the result is
h n -
u Ou [Ybu dU To
— - = iy — U dy = —— 2-11
/.;.__o(ua:c 8y Jo 5z Y k dz) 4 ( )

After integrating by parts and reducing, Eq. (2-71) becomes
h

I} du [t To
— ju (U —-u Yy -~ — T —au = — —
| 5a [u(U —u)]dy 4 iz |, (U—-u)dy P (2 -72)

Now, taking b — oo and defining a displacement thickness, é], and a momentum
thickness, 8 as

§T =/ (U — u)dy
K

=0

oo (2- 73)
eu* =/ w(U — u)dy
k4

=0

A5 2



da
to

and substituting them into Eq. 2-72, it becomes

d

dz

To

” d
(U-60) + 5;U—H = — (2.— 74)
dz p

In this reduction process, two partial differential equations have been replaced by
one ordinary differential equation. Since only the integrated quantities. ¢ and 6,
are really the only guantities required of the boundary routine to model the weak
viscous interaction, the fact that the solution to this equation does not provide the
exact local variation of primitive flow properties across the boundary layer is not of
consequence. The required functional form of the variation in u across the boundary
layer is assumed a prior+by a polynomial for instance.
I1.4.2 Laminar scheme

In three-dimensional, compressible, laminar fiow the same integration proce-
dure is implemented using two bounday-layer momentum equations and their corre-
sponding moment of momentum relations to yield a system of four coupled partial-
differential equations.?® In the formulation of these equations, it is assumed that the
streamwise velocity profile is of the Faulker-Skan (F-S) family of similarity profiles
and that the cross flow profile is a linear combination of the F-S family of profiles.
These incompressible profiles are extended to compressible flow by the scaling of the
normal coordinate with the Stewartson transformation.
11.4.3 Turbulent scheme

The formulation of the turbulent scheme 1s similar to the laminar, but the

streamwise velocity is assumed to have a simple power-law profile which is a function
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of the streamwise shape factor and the transformed boundary layer thickness and

normal coordinate; and, the cross flow profile has the form of

v

—'U
U T

(3%
|
-1
(1]
~—

AR
(1—Z)'mn5 (

where Z is the transformed normal coordinate, A is the transformed boundary layer
displacement thickness, and 3 is the angle between the external streamline of the
potential flow and the wall shear direction. In the turbulent scheme, the final three
governing equations are two momentum integral equations derived from the conti-
nuity and boundary layer momentum equations and one entrainment equation. The
latter equation accounts for the addition of mass into the boundary layer from the
surrounding flow as the boundary layer grows.
I1.44 Lag entrainment

Originally, in the work by Smith?!, the relationship between the entrainment
coefficient and the shape factbr required in the previous scheme was formulated em-
pirically with a simple algebraic equation. Later Green found a relationship for the
required quantities through the use of the turbulent kinetic energy equation which
explicitly represents the balance between production, advection, diffusion and dissi-
pation of turbulent energy in the boundary layer. He referred to this as the Lag-
Entrainment method?’.

Also, in Green’s method the desired momentum and displacement thickness of
the wake is determined by simply continuing the integration of the three governing
equations past the trailing edge on either side of the wake. It is assumed that aft

of the trailing edge that the skin friction coefficient is zero and that the dissipation

215y



44

length scale is twice that on the wing. Once the integration is performed on either side
of the wake, the required integral properties are simply the sum of those calculated
on both sides.

I1.4.5 Solution of the governing equations

The resulting governing equations are solved through an explicit type integra-
tion scheme in the z (or chordwise direction) along constant span stations. In this
scheme. the domain of dependence is conservatively assumed to lie between the ex-
ternal streamline of the potential flow and the shear angle of the boundary layer. To
account for this dependency, the spanwise derivatives found in the governing equa-
tions are backward differenced if the external streamline and the wall shear line lie
on the outboard side of the chordline and central differenced if the streamline and
the shear line lie on opposite sides of the chordline.

Boundary conditions are required at all inflow boundaries. At the root, a plane
of symmetry is assumed. Here, the cross flow velocity is set to zero, as are all all
spanwise derivatives. At the wing tip, all .spanwise derivatives are also set equal to
zero. And finally, an attachment line approach®® is used to determine the initial
conditions at the leading edge.

11.4.6 Wake curvature

When the fow leaves the wing at the trailing edge, it initially follows a curved
path and then soon aligns itself with the freestream downstream of the wing. This
large curvature of the flow near the trailing edge can have a measurable effect on the
overall lift of the wing. In fact, Streett found that in one instance the sectional lift

coefficient near the tip of the wing was decreased by about four percent when the
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curvature of the wake was taken into account. Usually, if only first order effects are
considered, the pressures at the trailing edge would be equal on the upper and lower
surface. But, if the wake is considered to have an eflective thickness of &° + 6 due
to viscous effects and curvature. the pressures on either side of the wake will not be
equal except at the centerline of the wake. Since the flowfield about the wing and the
wake with the displacement thickness added to it is modeled inviscidly, the trick is
to calculate a pressure difference across the wake at the trailing edge in the inviscid
flow which will vield a zero pressure difference at the centerline of the wake in the
real viscous flow3®. It has been shown that the appropriate pressure jump across the
wake with a thickness of & can be written as a function of the curvature, Ky, of the
centerline of the actual wake. the mean tangential velocity, 4, and the mean density,
Pu, 10 the wake as

AP = Prop — Phottom = Kputt ubu (2 — 76)

Given that the pressure difference is small, this can be related to the circulation, T,

Zeo Zoc
/ dTy = — / Bukind Sy (2 - 177)
z -4

te

where Sy, is the arc distance along the wake. The circulation at the trailing edge
is calculated by the difference in the potentials at the trailing edge in the inviscid
solution and Eq. (2-77) is numerically integrated from the ’frailing edge to one grid
point upstiream of the downstream boundary. The circulation at the downstream

boundary is then matched to the circulation obtained from the integration.
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Since the wake eflects are relatively small,3® it is only important to know the
approximate location of the wake centerline. This simplifies the problem since the
actual wake location would have to be found by tracking the streamline of the invisaid
solution leaving the trailing edge and then a new grid would have to be created
about the new wake so that the boundary conditions on the wake could be applied.
Alternatively. the approximate shape of the wake can be found by assuming that the
streamline leaves the trailing edge smoothly at the average of the local trailing edge
angles and that then the angle between the wake centerline surface and the {reestream
decays logarithmically, similar to that of a point vortex in a uniform freestream at a
given angle of attack2. The circulation, T, of this point vortex located at the quarter
chord point could be determined by forcing flow tangency at the trailing edge of the
wing section. The ordinate of the centerline of the wake would then have a form
similar to

d
Vuake = e  tana(d = o) = Setan(a)ing-/d (2 - 78)
4 4 %

where d is the z distance from the quarter chord point of the wing section.

The curvature of the flow, &, can be determined by calculating the rate of change of
the flow angle at the approximated wake location.

11.4.7 Wake thickness

The thickness of the wake is accounted for by simply adding the displacement

thicknesses obtained from the boundary layer solver to either side of the predefined

wake location. The ghost points in the wake are then redefined such that strict flow

tangency is enforced along this new surface.
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1.5 Comparison to Experiment

TAWFIVE was used to analyze RAE Wing-A wing-body at a Mach number
of .8, an angle of attack of 2 degrees, and a Reynolds number of 2.66 million based
on the root chord. The pressure obtained from this analysis are compared to some
experimental data at two convenient stations in Fig. 15. Even though no attempt
was made to trr and match lift coefficients by changing Mach number or angle of
attack, the comparison between the experimental and predicted pressures 1s fairly
good up to the trailing edge. There TAWFIVE predicts shghtly higher pressures.
This characteristic behavior has been attributed to the improper modeling of the
the strong viscous-interaction region at the trailing edge®® but may also be due to
a combination of the coarseness of the grid at the trailing edge and wind tunnel

interference errors.
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CHAPTER III1

INVERSE DESIGN METHOD

II1.1 Inverse Boundary Condition

As stated earlier. in the direct-inverse method a pressure boundary condition
is enforced rather than flow tangency aft of the portions of the wing which are to be
designed. Following Gally,'*~?° the input pressure coefficient can be written in terms

of the Mach number, M, and the freestream speed, g, as

c 2 r1*7—1113(1 ‘?2)’-1 1 (3-1)
PTAM [_‘ 2 el

where ¢° = (u? +2? + w?) ¢ -

Solving for u in Eq. (3-1) yields

Pt
-~
—~
]
f

This form of the equation seems to have been chosen over the more obvious form of
2 MG\ T :
~yM* 7 o 2
v=|l—- —————— (1-%—'——&) -1 =" —w” (3-3)
(v - 1)Mg, 2
since it is less likely that its radicand would be negative. Equating Eq. (3-2) and the

first row of Eq. (2-38) results in

y-=1 7
2 ; YM¥iCp) 7
1~ b [(1 - 1M ) _ 1}
J116¢ + J126y + J136¢ = ———— —cosa (3 —4)



-1
where J;; are the elements of (HT) . A potential, (¢;;4), can be formulated
in terms of the pressure coefficient by expanding about the grid point location
(i — 1,7.k), and then using central differences in the ¢ and ( direction and second

5
order backward differences in the normal direction. 7, vielding
n=1 ‘n
Jn (oi.j.k - C’i—l.j.k)
\ r ;n—1 , n _ N AT
+ J12i3 (oi‘j,k : oi—l,j.&-) 4 (07 o1+ Oy jo1k)

‘

+ 6ok T o7y akil4 {

(93]
!
o
~—

+

n | N T I
+ J13 (oi,j.k-:1 T 015k T CQigk-1" oi—l.j.k—l) /4

=F (CP-*'—%JC)

where ¢" are the potentials at the current time level and o"7? are the updated

potentials.

Solving for the & to be specified, Eq. (3-5) becomes

n=+1  _ 1 n
Ciky k= T . 37 {Jllo{—l.ky.k
Jiy + 3J12
n m AT
—Ji2 [3oi—1,ky,k —4 (ST hy1k T Oy hy—14)

(3-6)

' il &
- Oiky-2k T Qi—l,ky-ﬁ,kj\ /4

‘n . on ; n
- J13 (¢i,ky.k+1 T Y1 ky k1 T ‘O?,ky.k—-l - ¢i—1,ky,k—1) /4

+F (CP f—%'k>}

where F (C'p ) is the right hand side of Eq. (2-72) and j = ky on the wing

i3,k
surface. Also, the 7 grid lines are numbered such that ky — 1 is the location of the

grid point immediately above the wing’s surface. Pressures are specified at half grid

point locations in the ¢ direction to eliminate the chance of the solution decoupling
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on ‘odd’ and ‘even’ grid points. Since the actual sectional shape of the final wing
is unknown initially, the potentials are specified on the wing's surface at the present

time level.

II1.2 Integration of the Flow Tangency Boundary Condition

Since the grid is boundary conforming, the wing sections in the design region
must be updated every so often by integrating the flow tangency condition written
in curvilinear coordinates. After Gally, the curvilinear form of the equation can be

found by first considering the flow tangency condition for Cartesian coordinates

—
[FL]
[
-1
~—

UITF=0 with F(z,y.z) =0

where U is the physical velocities and F' is the function describing the surface of the
wing.
The physical velocities can be related to the contravariant velocities using the

aforementioned relations, which are repeated here for convenience.

] ze zTp ¢ U
[U} = yf Yn y( I” = [H’}[V} = H\f (?) - 8)
 Im X W

By using the chain rule in the same manner in which the above expression was derived,

the gradient, V, of the surface function, F', with respect to the physical coordinates,

z,y, = can be related to the gradient, V', of the surface function S(¢,7,() by

Q
&

€z M= C»’ gg -1\ T
(VFl=1{¢& n & on =(H™) V'S (3-9)
£: - (2 %

Substituting these two into the tangency equation gives

HVIHEHHTVS=0 (3 —10)
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Using the identity from linear algebra,

(A B)T = BTAT (3-11)

Eq. (3-10) becomes

Fvs=0 (3 - 12)

vIiH'H

which is reduced to the desired form of the flow tangency condition for curvilinear

coordinates :

vI.v'§=0 (3 —13)

A more convenient form is obtained by expanding this to

S
798 L9 w9 g (3 - 14)

0¢ On o¢

Since the wing is a surface of constant 7 , where

S(fsnaC) =77(§:C)ky -1 = 0
a_s_ an(€1<)ky

= ————

c o€
65 1 (3 — 1)
i
?_E _3n(€sC)ky
¢ o¢
Eq. (3-14) reduces to
(2’1) _yY_w (3_’7> (3 - 16)
8 ) iwgn U U N/ iayi

The integration of this equation can be handled in two different ways. If the

. on - . T X
spanwise term, -5%, is lagged one global iteration, 1t will always be zero since upon the
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creation of a new grid, all derivatives of n with respect to the £ or { direction vanish

on the wing’s surface; and, Eq. (3-16) reduces to

%))
(35 iky ok U/ kyok ( )

The other approach would be to integrate Eq. (3-16) iteratively. If the contravariant
velocities are frozen at their current values, and the spanwise terms are initially as-
sumed to be zero, Eq. (3-17) can be integrated to find the approximate inverse changes
A7. These can be used to find approximations to the spatial spanwise derivative, g—z.
which can then be included in Eq. (3-16) to provide a better approximation to the
flow tangency equation. The process can then be repeated using Eq. (3-16) until the
spatial derivatives converge. Numerical experiments reveal that the spanwise terms
are at least two orders of magnitude smaller than the chordwise terms prior to the

creation of the new grid. Hence, the spanwise terms can normally be neglected.

Equation (3-17) was integrated using the trapezoidal rule

II (1) | <1> )
Tik=5 {7 TATE - i
2 UJik U/icrri I

II = -1 upper surface (3-18)

Il = +1 lower surface

For comparison purposes the fourth order scheme

wetr (0(5) 50 (8) o (F) e (F) )
= (9(%) +19(= -5~ + (=
24 U/ix UJi-t1x U/Jicarre \U/iz311x (3 —19)

+(Mic11x

was also used. With the fourth order scheme the trapezoidal rule was used for the

first two integration steps. This higher order integration scheme had little effect on
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the final answers, except for coarse grids in regions of high curvature such as the cove
region of a supercritical airfoil.

Since Gally found that calculating " using strictly finite differences was not
accurate enough, he instead. using an approach similar to that in Ref. (60), discovered

that 1" was most accurately obtained from the residual expression. First, assume that

—
S

hV RV

—_—

U~ phl penc(phl)

and then combine the previously defined averaging and differencing operators

. 1 . .
o (PAV )iy ke = 5 ((Ph" Jiky+da T (phV )i.ky—g.k) (3 —21)
bn (PRV ) kg = <(phv)i.ky—-§.k - (phv)i,ky+%.k> (3-22)
to generate
bn (phv)i,ky,k =2 (phv)i,ky—%,k - 2pq (th)i,ky,k (3 —23)

Substituting this result into the residual expression, Eq. (2-43), and solving for the

out of plane flux, phV, on the wing surface gives

2pgn( (PRV )iky k = Hacbe (PRU ); ky x T+ 2pg (Ph‘Vi,ky-%,k) + ( )
3—24

tende (phW,-'ky‘k) + compensation and upwinding terms

Since at convergence the flow should also be tangent to the designed surface,

the tangency condition is enforced in the residual expression, Eq. (2-43), by setting
(phv)i,ky-:-%,k = -(PhI/)i.ky—%,k (3 —25)
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The resulting expression is identical the RHS of Eq. (3-24), and the expression for

the normal flux becomes

Residual

Hen¢ PRV )igy i = =5 (3 - 26)

Note that since the residual is not zero in the design region due to the inverse boundary
condition. this expression reveals that there will be a mass flux of fluid from the
boundary?33" during the iterative design process. No attempt was made to account
for this transient flux, since at convergence it would be zero.

Upon substitution of Eq. (3-26) into Eq. (3-20) and using the cell averaged flux,

phU’, on the surface the boundary condition becomes

_ L N Benc(phV)  Residual (3 — 27)

T bgne(PRU) T 2pgnc (pRU)

R

The changes normal to the surface at each spanwise station are obtained by integrating
from the beginning of the inverse region to the trailing edge using the trapezoidal rule.

Assuming that the grid line leaving the wing in the 7 direction is normal to the
wing, these changes, A7, are then converted from computational to physical units by

scaling by transformation metrics such that

_ oz° ' oy*
AZ—AU\/‘a—E TE]_ (3-—28)

After subtracting the boundary layer displacement thickness from the inverse changes,
Al's, which are linearly interpolated to the user defined input stations, the resulting
displacements are added to the initial airfoil sections yielding the new wing surface

for the current time level.
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II1.3 Relofting

Many times the trailing edge thickness may be too large if the leading edge
curvature is too small or may be ‘fish-tailed” if the leading edge curvature 1s too
large. These undesirable situations can be remedied by a procedure called relofting
where the designed surface is rotated about the leading edge to meet a specified
trailing edge ordinate or trailing edge thickness.®*
This relofting procedure can be afcomplished in two separate ways.}>1* In 't he

first method, assuming both the upper and lower surfaces of the wing are being

designed, the user specified trailing edge ordinate,

A,
ytu;::: = Yorg = - (3 -29)
is subtracted from the ordinate of the displaced surface,
Ydesign = Yinitialupper = Aupper (3 —30)
to yield a correction of
bree = Yt — Ydesign (3 —31)

where A, is the user specified trailing edge thickness, Aupper is the initial inverse
ower

change, Yinitia is the trailing edge ordinate of the original airfoil section, and Yavg 1s

the average of the trailing edge ordinates of the input geometry.

This correction,

§.(z) = by, X (%) (3 — 32)

is proportionally added to the initial inverse displacements which amounts to a rota-

tion of the displaced surface about the leading edge to meet the trailing edge ordinate.
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Fig. 16 The eflect of relofting on the design in the initial stages of convergence

To illustrate this relofting procedure, the first global iteration of a typical design be-

fore and after relofting is revealed in Fig. 16.

If only the trailing edge thickness is specified, allowing the trailing edge ordinate

the freedom to vary, the correction instead becomes

b= (22 - A”AI)C—”‘) (3 — 33)

2 2 chord

where Ay and Aj are the initial inverse changes on the upper and lower surfaces

respectively. It should be noted that the inverse displacements are positive when

they cause an increase in thickness.
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The second relofting scheme determines the displacements aft of the direct-
inverse junction of the design region in the same way, but the leading edge ordinates
are thinned to meet the displaced surface at the beginning of the design region. This

insures that the leading edge shapes remain in the same family of airfoils.

n=+1
P () = " (2) (31“——> (3 — 34)

Vidie"
where y;ge 15 the airfoil thickness at the direct-inverse interface in the chordwise
direction.

In order afford the designer extra flexibility, one more relofting scheme was
devised where a portion of the trailing edge region is user specified instead of just
t'he trailing edge ordinate. Using the same rational as with the rotation scheme, the
correction added to the displaced surface to meet the specified ordinate at the aft

direct-inverse junction located at zigte, 1s

Tidte — Tle

6-(z) = 8-(zia1e) % ( i ) (3 —33)
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CHAPTER IV

REMEDYING SPANWISE INSTABILITIES

IV.1 Spanwise Oscillations

In the original work by Gally!*% the pressure distributions applied at the
computational grid stations of constant ¢ lines on the wing in the design region were
obtained by spanwise, linear interpolation of the pressures input by the user at de-
sign stations to eveﬁ’ grid station delimited. This meant that the inverse boundary
condition was enforced at every constant { grid station in the design region. and that
every sectional shape was determined relatively independent of the others. Unfortu-
nately, an annoying divergent spanwise oscillation problem sometimes occurred when
designing a wing which required extensive relofting. especially when the initial section
was thinner than the target. This oscillation led to sections which were too thick or
too thin at adjacent constant ( grid station. (see Fig. 17). This problem was more
pronounced when the sweep was increased or the aspect ratio was decreased and was
usually divergent except for very high aspect-ratio wings (AR=10) with no sweep.

Early in the research, it was discovered that the problem could be circumvented
by specifying the C, distribution at at least every other constant { grid station and
then linearly interpolating the inverse displacements calculated at those grid stations

to the other grid stations included in the design region. The regions in the middle

of the design region were simply analyzed using the original flow-tangency boundary
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condition. The resulting sections, interpolated to the geometry input stations. were
all relofted as usual to satisfy the trailing edge ordinate condition. This procedure
led to a convergent solution most of the time, except when designing wings with
significant sweep or with low aspect ratios, such as Lockheed Wing-B and Wing-C.

It was later discovered that a similar procedure was briefly discussed in Ref. 40 to
overcome a decoupling of the solution in the chordwise and spanwise direction leading
to a numerical instability when using an inverse panel-method code. In this case, the
ordinates of the ‘odd’ points along the chord were obtained by quadratic interpolation
using the ordinates of adjacent ‘even’ chordwise points while the ordinates of each
‘odd’ spanwise grid station were generated using linear interpolation between the
contiguous ‘even’ spanwise stations. This procedure effectively eliminated half of the
unknowns. The similarities of the decoupling problem in this scheme and our direct-
inverse method are quite evident, even though the design schemes are quite different
in methodology.

Although this somewhat heuristic cure to the problem seemed to work for the
most part, the fundamental cause for this problem was not well understood, hence the
oscillation problem was investigated in much greater depth. Initially, it was thought
that either the inverse boundary condition or the relofting scheme was solely to blame,
which led at first to a series of reformulations; while none of these were successful,
they did create great insight into the problem.

Since the oscillation problem seemed to stem from the uncoupling of the solution

in the spanwise direction, the original inverse boundary condition in Eq. (3-3) was
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rewritten as

pe1 A3 g g
@i ky. k=1 T1s ikyk — Pikyk+1 T

-4

‘N
J_u{‘]lloi-l.ky.k

- Ji [3‘5’?-1,&-34.& —4(hy-r1a é?—l.ky-l.k) (4-1)

+ O hy—2k T é?—l.ky—i’.k] j4+ F (C'p i—%,k)}

4 Oy hyke1 — Oimlhyk-
such that the ¢'s could be obtained implicitly in the spanwise direction. Although
this would seem to strongly couple the potential field in the spanwise direction. it did
not deter the solution from oscillating in the slightest regard.

One form of Eq. (3-4) was tried using one-sided differences for the spanwise
derivatives, and yet another which specified the Cpat (1 + %, ky. k+ %) grid locations;
but they did not cure the problem either.

The idea of devising a conservative formulation of the inverse boundary con-
dition using a control volume approach more in keeping with the spirit of the finite
volume scheme used in FLO-30 or the approach used in Ref. (41) was conceived, but
the details necessary to implement this approach were never pursued.

Attention was then directed towards the methods used to integrate the flow
tangency equation and the relofting of the resulting shapes. Since the problem seemed
to stem from the lack of spanwise information, the spanwise terms in Eq. (3-16)
were included during the surface update process. The ratio %fr was obtained from
Eq. (2-39) and the potentials at the present time level. An approximation of the

. . ) . . 3
spanwise derivatives, 3-7(1, was calculated using central spanwise differences of the
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initial displacements which were calculated using Eq. (3-17). Then Eq. (3-16) was
solved iteratively until t'herc was no appreciable change in the displacements. In case
the relofting adversely affected the results, this process was also tried after the inverse
displacements were changed with relofting. However. the inclusion of these terms had
very little eflect on the displacements calculated since. in both cases, they were at
least an order of magnitude smaller and did not help the divergence problem in the
slightest regard.

Spanwise smoothing of the displacements was also tried. Although this tech-
nique did provide a smoothly varying distribution of sectional thicknesses, the diver-
gence was merely slowed. Sometimes the solution would reach a settling point where
it would not converge further, but the resulting section shapes were not satisfactorly
accurate.

In the midst of the search for a cure for the oscillation problem, it was discovered
that if the potentials obtained from a converged solution of the target section were
specified on the wing using a different initial geometry, the design solution would
converge without oscillating. This result appeared to condemn the inverse boundary
condition and redeem the integration and relofting schemes. On the other hand, if
the inverse boundary condition was applied at everv grid station, and displacements -
were calculated only at everv other spanwise grid station and were interpolated to the
stations in between, the solution also converged, which seemed to indicate that the

inverse boundary condition was not the sole origin of the problem. Thus, it appeared

that the problem was stemmed from a combination of causes.
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IV.2 Success

After the many failed attempts of remedying the oscillation problem by refor-
mulating the inverse boundary condition and the integration and relofting shemes.
attention was directed towards the residual and the terms composing it. The residual
is directly affected by the inverse boundary condition; moreover. the residual directly
influences the section shapes through the integration of the flow tangency boundary
condition. Consequently, the residual was broken into its major components and
plotted in the spanwise direction after each surface update of a known divergent case.
This case happened to be a medium-grid design of Lockheed Wing-A with the initial
section being a NACA 0006 section over the entire wing and the target being a NACA
0012 section. The design region extended from 30% to 70% semispan. Sample plots
for this divergent case are shown at four different time levels in Fig. 18, where the
total residual also includes the upwinding terms. As can be seen, the compensation
terms, which include spanwise derivatives of ¢, at first are very small compared to
the rest of the terms but later tend to dominate and amplify the oscillation. This
oscillation starts at the direct-invgrse interface or, in other words, at the first span-
wise station from the root in the design region and propagates spanwise as a damped
oscillation with a period of two grid spacings.

The oscillation problem seems to be driven by a combination of events which
build upon each other causing a divergence. It is believed that the initial mismatch in
the potentials at the direct-inverse interface in the spanwise direction is amplified by

the compensation terms which include spanwise derivatives of the potential function.
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The residual is then undershot and overshot on alternating spanwise stations. This
oscillation is further magnified by relofting, which creates a section that is too thin
when the slopes defined in Eq. (3-27), which of course are directly proportional to the
residual, are too large and vice-versa. Since more or less fluid has to be ejected from
the section that is too thin or thick, respectively. to give a streamline approximately
corresponding to the correct target section. the potential field shown in Fig. 19
at each design station is forced further away from the adjacent fields by the inverse
boundary condition which in turn forces an even further undershoot or overshoot of
the residual. resulting in a growing spanwise oscillation. With the aid of other nu-
merical experiments, it has been found that it is only necessary to have two adjacent
design stations to drive this oscillation to divergence. It is of interest that when the
wavy wing surface resulting from a divergent solution was analyzed with TAWFIVE,
the potential field varied more smoothly in the spanwise direction than did the poten-
tial field obtained from the design solution. In light of the previous discussion, this
result verifies that the inverse boundary condition was. in fact, forcing the adjacent
potential fields away from each other.

It should be noted that this problem is not due solely to the implementation
of the direct-inverse technique since this oscillation has not been observed with the
ZEBRA design code. Rather, it seems to be unique to the couphng of the method
with the analysis code, FLO-30. Seemingly, two pertinent.diﬁerences between the
two codes exit. Firstly, the ZEBRA code, which uses a sheared Cartesian coordinate

system aligned with the wing, applies the boundary conditions at the mean plane of
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Fig. 19 The potential field on the wing’s surface for a diverging design solution
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the wing. This first difference is important, since the actual thickness of the wing
may have less of an impact on the flowfield computed by the ZEBRA scheme due to
the fact that the point of application of the boundary condition is not changing with
time. Secondly, its full potential, fully conservative numencal scheme uses a mid-
segment type of finite difierence approach rather than a finite-volume scheme with
fourth derivative type compensation terms'® that secm to be amplifying the errors in
the design solution.

Nevertheless, after exploring many alternatives to counter this oscillation prob-
lem. four methods based on the previous observations have been devised to damp out
the spanwise oscillation:

A) Specify the inverse boundary condition at at least every other spanwise
station and linearly interpolate the inverse displacements to the stations lying in
between. This has been named the Type II-2 method.

B) Specify the inverse boundary condition at every station, but again only
calculate inverse changes at every other station and linearly interpolate the inverse
changes to the stations in between. This will be referred to as the Type II method.

C) Immediately prior to every surface update, calculate all spanwise derivatives
of the potential in the residual based upon a potential function smoothed in the
spanwise direction. This smoothing is accomplished by first defining the operator o

as

of = S+ (1= 2) ot Sfinn,  0Se<1 (4-2)



where ¢ determines the amount of smoothing. Then using o in the spanwise differ-

entiation of ¢ with the maximum amount of smoothing (i.e., ¢ = 1)

00
- =05¢ 4-3
(6(, )i,j.k-e»% ¢“¢ ( )

the smoothed spanwise derivative of o becomes

Oi ks — Oijk + Oijk+1 — ;i 5k
(é<)1,j.k+%= ( J X% 401_7 1 1,) ]) (4—4)

D) Smooth the slopes, %—}7. in the spanwise direction in the design region in the
same manner as with method C. It should be noted that, as stated earlier, smoothing
the integrated slopes, i.e the inverse corrections. did not suppress the oscillation but

only slowed the rate of divergence.

Three different cases were studied in order to test the effectiveness of each
method at suppressing the oscillation and in reproducing the known target section.
All three cases used Lockheed Wing-A at a Mach number of .8 and at an angle of
attack of 2°. The first case utilized a NACA 0012 airfoil as the initial section and the
original supercritical wing sections accompanying Wing-A as the target section. The
design region stretched from 30-70% semispan of the wing and began 5% aft of the
leading edge and extended to the trailing edge. Since a medium grid (80x12x16) was

employed, there was a constant ¢ grid station at every 10% semispan. Results are

281



shown in Fig. 20 for the four different approaches.

Although all four approaches worked well for this case, by using the RMS of the
errors between the target section and the section designed as a measure of accuracy,
methods A and C produced the best results for this case in the interior as well as
at the edges of the design region. For the same number of flowfield iterations, the
technique D produced the most unsatisfactory results when compared to the target
sections.

The effect of each approach on the residual at the trailing edge after 10 surface
updates can be seen in Fig. 21.  The discontinuities in the residual for method A
is due to the fact that the inverse boundary condition is applied only at the 30, 50
and 70% semispan locations. All four approaches have a charactenstic jump in the
residual at the first spanwise design station at 30% semispan. This jump 1s probably
due to the previously discussed spanwise mismatch problem with the potentials at
the direct-inverse interface, which manifests itself in the compensation terms. The
Tvpe II method had the largest jump at this interface, while the Type II-2 method
had the smallest jump. Notice that the spanwise distributions of the residual for the
two smoothing approaches are quite similar in the design region.

Since only small differences existed between the methods for the previous test
case, a more severe test was conducted by designing an entire wing using NACA 0006
sections as the initial airfoils and NACA 0012 sections as thg targets. These sections
were chosen due to the fact that most of the problems in the past were amplified

by beginning with a thin section and targeting a thicker section. Furthermore. a
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Fig. 20 Comparison of airfoil sections designed using the four spanwise oscillation
remedies on a medium grid from 30% to 70% semispan.
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full wing design would reveal whether the accuracy of each method depended on the
spanwise location of the wing.

When an attempt was made to compute these cases. it was discovered that
when using the smoothing two smoothing techniques, (methods C and D), it was
necessary to use zero order extrapolation of the displacements {rom the adjacent
grid station to the root cection. The root section tended to lag in the convergence
process in comparison to the rest of the grid stations. This behavior is possibly due
to a slowly converging flowfield at the the wing-fuselage juncture. Since all of the
sections started out too thin, this lagging of the root section forced the adjacent
grid station to quickly become too thick. which led to divergence at the root in both
cases. Zero order extrapolation of the nondimensionalized displacements forced the
‘oot section to converge at a rate which was more in compliance with the rest of the
grid stations at the expense of degrading the accuracy of the root section. Since the
root section has been successfully designed independently; presumably, this problem
might be circumvented by simply allowing the flowfield solution to converge further
before each relc;fting, although such a procedure would probably be a less efiicient
approach.

Also, no smoothing of the potentials or the residuals was used at the tip. Since
both the residual and the potentials are quickly varying in the spanwise direction in
the tip region, smoothing leads to large errors in the residuals and hence the section
shapes. In fact, better results can be obtained for the smoothed potential approach
by using a zero order extrapolation of the normalized displacements from the grid

station inboard of the tip to the tip. Overall though, the inboard sections of the wing
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slowly became thicker, while those outboard responded more quickly, initially causing
these outboard sections to actually become too thick.

The resulting sectional shapes for the four different methods are compared in
Fig. 22.  As can be seen in the figure, method C works well when designing in the
interior of the wing. but did not give satisfactory results at the tip of the wing where
smoothing the quickly varying potential led to large errors in the section shapes. Since
the residuals. also varied quickly at the tip, the slopes at the tip were not smoothed
with method D. Since there were not any slopes defined at the fuselage ghost point
location, (i, ky, 2), the slopes were not smoothed at the root either. This method
produced the most accurate results while still managing to suppress the oscillation
problem. In contrast, the Type IT and Type II-2 methods worked well on the entire
wing surface, and nothing special needed to be done at the root or tip.

The same case was executed on the fine grid (160x24x32) to study any eflect
of grid size on the accuracy and eflectiveness of the methods. This grid allowed 21
design stations which were located a distance of 3% seinispans from each other. When
using the Tvype II and Type II-2 methods, the lagging of the root section actually
forced the section located at 10% semispan, two grid stations outboard, to become
too thick, which led again to a divergent solution. Thus, for this fine grid case, 1t was
necessary to use zero order extrapolation of the the normalized displacements from
the adjacent station to the root when using all four remedies. Cases which do not
require such large changes in thickness at the root have not required this procedure

using the Type Il and Type I1I-2 methods. In addition, because of the aforementioned
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problems with the smoothiitlg"ai;prbaéhes at the tip, no smoothing was used at the
tip section.

The results for this case are shown in Fig. 23. For this case, the smoothing
approaches yielded satisfactory sections on the region of the wing spanning from
about 30% to 85%. Elsewhere, the sectional shapes vary significantly from the target
section. Thus, the smoothing approaches work well when designing in the interior of
the wing, but they do not give satisfactory results near the root and tip of the wing.

An objective measurement of the accuracy of the sections in relation to the

. . . . . 20
target can be obtained using a coefficient of determination, r, defined as®* :

where ¢, is the standard deviation of the ordinates of the target section defined as

o

A4 - -
oy = [;::1(z1—lymean) ] (4 - 6)
and
T (= v inn)
Cy=z = [-‘—11=l (yn‘ — gdeﬂgﬂ) ] (4 _ 7)

is the deviation of the design from the target for the same z values. This quantity
varies from 0 to 1, one being perfect.

Moreover, to further clarify which method produced the least amount of oscil-
lation, the average error variation in the spanwise direction .for each method should
be compared. The spanwise variation of the coefficient of determination and average

percent error are shown in Figs. 24-29. The Type II and Type II-2 methods

2 %9
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produced the least amount of oscillation, while smoothing the potentials produced
the most amount of oscillation in the error.

There is still some doubt by this investigator whether only secondary aberrations
have been observed and not the true, fundamental cause of the oscillation. In hght
of this. another eflect that should be investigated is that of the addition of mass into
the flowfield by the inverse boundary condition. Some other investigators->*% have
included a source correction in the far field and in the near field*3. In this research.
this source correction was neglected since this addition of mass would be driven to
zero at convergence. But. its effect on the unconverged solution is not clear. In order
to see if this had a significant effect on the solution. a quick, numerical experiment was
performed in which the distance to the outer boundary was doubled. (See Fig. 30)
Presumably, if the addition of mass was adversely affecting the boundary condition
in that region for a given distance, it would have less of an effect if the distance were
increased since the additional mass flux arriving at the boundary would be less and the
outer boundary boundary condition would be better satisfied. When this computation
was completed, however, the solution seemed to be completely unaffected. diverging
at the same point in the iteration history. This was only a simple attempt at proving
that the sources on the wing were not the fundamental motivation for the oscillation.
A thorough analysis must consider the effect of this mass addition on the downstream
boundary and the near field. The downstream boundary could be stretched further
downstream, and appropriate source correction terms, using the flux ejected from the
inverse regions of the wing as the source strength, could be added to the reduced

potential in the entire flowfield.
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dy's surface with a radial boundary stretched

L}

Fig. 30 Grid System at the wing-bo
twice as far as the original grid system
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Another possible cause could be the assumption of flow tangency used in the
residual expression in the integration of the flow tangency equation. When this as-
sumption 1s made, not only are the fluxes reflected about the current wing boundary,
but so are the compensation terms. This procedure in eflect doubles the amplitude of
the é,¢ and the é¢, type compensation terms. Since the flow is not generally tangent
to the current shape when designing a new airfoil section, reflecting the compensation
terms may be initially incorrect. An alternative formulation may be needed.

In retrospect, a few comments about the advantages of each method in different
design situations are warranted. For instance. methods C and D give the designer the
most flexibility; the desired pressure distributions can be imposed at every spanwise
grid station, and the section shapes corresponding to each grid station can be calcu-
lated relatively independently of the adjacent stations. On the other hand. because
of the interpolation required in the first two methods, the section shapes at "odd’
stations are directly dependent upon the shapes at ‘even’ stations: so although the
designer loses a little flexibility, he gains a smoother spanwise distribution of section
thicknesses in the spanwise direction. From a designer’s standpoint of course, method
A 1s the most restrictive of the four, but it yields the smoothest designs in the span-
wise direction, and converges the quickest. Therefore, method A (i.e., the Type II-2
method) would most probably be the best to use with wings of moderate to high
aspect ratios. But, Method B (i.e., the Type II method) would most probably be

necessary for wings with aspect ratios of the same order as Lockheed Wing-B.
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CHAPTER V
RESULTS AND DISCUSSION

Since the versatility of the method in designing multiple, overlapping
regions of the wing has already been well demonstrated by Gally**1? most of the
test cases presented, herein, were chosen instead to exhibit some of the constraints
and limitations of the current inverse design procedure. The cases were chosen to
reveal the approximate limits imposed on the aspect ratio and sweep of the wing; and
the significance of grid skewness, viscous interaction, grid refinement, and the initial
airfoil on the final airfoil section design. Some questions about the compatibility
of Mach number and pressure distribution will be answered by designing a wing
at one Mach number using pressures obtained from a wing analysis at a different
Mach number. Finally, preliminary results will be presented for a partial wing design

beginning aft of the leading edge and terminating forward of the trailing edge.

V.1 Boundary Layer and Wake Effects

One of the objectives of this study was to determine the significance of vanous
viscous effect in the design of transonic wings®. The wing chosen for this study was
a typical transport type wing, Lockheed Wing-A. This wing has an aspect ratio of
8.0, a leading edge sweep of 27°, a taper ratio of .41, a twist of 2.28° at the root and

-2.04° at the tip, and 1.5° of dihedral.
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An input pressure distribution was obtained by analyzing Lockheed Wing-A us-
ing full viscous eflects ; these included boundary layer displacement thickness, wake
thickness, and wake curvature. The flight Mach number of .8. angle of attack of two
degrees, and Reynolds number, Re, of 25 million used in the analysis were thought to
represent fight conditions for a typical. average-sized transport; and the distribution
was considered to be typical of that which would be available to and desired by a
designer. All computations were performed on a fine (160x24x32) grid. The resulting
pressure distributions obtained from the analysis were used in two separate design
cases, each composed of five and three subcases, respectively. The first series of cases
was a full wing design using the target section as the initial section. By using the
target section, any effect of the initial section on the final outcome would presum-
ably be eliminated. The type II design method was used and the inverse boundary
condition was enforced from 5% aft of the leading edge to the trailing edge. Further-
more, relofting was not initially done at all. The results for the partially converged
cases were plotted and then further converged allowing relofting to take place. In
this way, the effect of relofting on the final design could be determined. The itera-
tion history of each case was kept the same, even though by doing this the absolute
level of convergence could very well be different since changes of various magnitudes
were associated with each case. The large amount of computational time required for
these cases dictated this type procedure and for comparison purposes this approach
is acceptable. Fortunately, it turned out that the sectional shapes in every case were
varying quite slowly by the end of the design run, indicating that the sections were .

near convergence.
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In each case, viscous options were 'tur.nedAoﬁ" one at a time to assess their
effect. In the first case, the wing was designed with all viscous eflects. In the second,
the lag entrainment was turned off. The third case did not use wake curvature. while
the fourth neglected both wake curvature and wake thickness. Finally, in the fifth
case the wing was designed inviscidly. The resulting unrelofted designs for each case
are compared in Fig. 31. As expected, the inviscidly designed sections are slightly
thicker at the root where the normalized boundary layer displacements are thinnest
(see Fig. 32 ) and become increasingly thicker towards the tip in accordance with
the thickening boundary layer.

Neglecting lag entrainment, wake curvature and thickness had very little effect
on the designed sectional shapes overall. But, if the trailing edge region is examined
closely for cases with the wake effects neglected. the trailing edges sometimes Cross.

Upon converging these shapes further and enforcing a trailing edge ordinate
requirement with relofting, significantly different results were obtained. As shown
in Fig. 33, the inviscidly designed shapes are now thinner on the upper surface and
slightly thicker on the lower surface, especially in the cove region where viscous efects
are large. Also, because of the relofting involved, the leading edge radius has become
smaller. The rest of the cases produced sections which did not deviate much from the
target, except near the tip. However, neglecting both wake effects produced sections
that were actually thicker than the target. This change was due to the relofting that
was necessary to uncross the trailing edges, which produced larger leading edge radii

and hence thicker sections.
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Fig. 31 Comparison of the unrelofted sectional shapes designed using different vis-
cous interaction assumptions with a pressure distribution obtained from
a fully viscous analysis of Lockheed Wing-A at a Re = 24 x 108, M =
.8, and an a = 2°
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Fig. 32 Distribution of normalized boundary layer displacement thicknesses on the
upper and lower surfaces of Wing-A
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a=2°
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Table 1. Results from the analysis of the wings designed with different viscous in-
teraction assumptions at a M = .8 and a Re = 24 x 10%

Case Wing (' Wing Cp
+Fuselage ('t

Target | ares | T 0107

Fall Viscous | 4636 | 5226 | 019

No Lag Entrainmenti 4719 I 5316 1; 0197

No Wake Curvature| 4636 |  .3226 | .0195

No Wake Effects | 4605 | 3104 | .0193

Invisid | 4060 | 4508 | .0169

The resulting wing for each case was analyzed using full viscous eflects and the
same iteration history. Table 1 gives a comparison of the lift and drag coefficients
resulting from the analyses of these designed wings.

As can be seen from the pressure distributions shown in Fig. 34 and Table 1,
the inviscidly designed wing produced 15% less lift than did the target wing. The lift
usually obtained in the cove region was diminished, in this case, by the decambering of
the aft portion of the wing. The thinning of the top in conjunction with the thickening
of the bottom of the inviscidly designed airfoils also caused a decambering of each
section, which explains the large decrement in lift produced. As shown in Fig. 35, the
reason the top was thinner is because the boundary layer displacement thicknesses
which are ‘built’ into the imposed pressure distribution were not subtracted from

the inverse displacements in the inviscid design. In order to meet the trailing edge
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ordinate requirement, the resulting section had to be relofted more to compensate,
thus leading to a thinner section on top.

The wing lift coefficients obtained from the analyses indicate that by not using
lag entrainment, a design correlating closely with the target can be better accom-
plished for the given sequence and number of flowfield iterations. It is suspected
displacements and hence the inverse displacements may take longer to converge to
the correct value as compared to excluding lag entrainment. By ignoring wake curva-
ture and using all the other available viscous options, wings with identically shghtly
lower lift coefficients as compared to the targets were produced. Furthermore, wake
thickness influenced the design in a slightly more profound way than did wake curva-
ture by producing a wing with 3% less lift than the target.

As an after thought, the original wing was analyzed with each viscous option to
assess its effect. The analysis results of the designed wings, shown in Fig. 36, reveal
that wake curvature eficcts were practically negligible. This result may be due to the
relatively high freestream Reynolds number of 25 million used in the comparisons.
Since this Re would lead to low values of §” and 6, the curvature effects would also be
expected to be low; Streett’s case2? used a much lower Revnolds number of 6 million.
On the other hand, neglecting wake thickness and lag entrainment effects both had a
decremental effect on the wing’s lift, which was probably due to the forward shifting
of the shock location.

The second set of design cases involved a partial wing design which extended

from 30-70% semispan and began 10% aft of the leading edge of the airfoil, but the
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inverse boundary condition was only enforced at the 30, 50 and 70% semispan station
and the displacements were linearly interpolated to the stations in between. The
initial airfoil section at 50% semispan was formed by thinning the supercritical target
section by 6% and removing the cove region. The initial sections at the edges of the
design region were the same as the target sections, while the remaining sections were
obtained through linear interpolation. The results for these cases are presented in
Fig. 37. For the Reynold’s number chosen, neglecting wake efiects seems 10 have
had a small effect on the resulting design. The sections are a little thicker than the
sections designed with full viscous efiects. As noted earlier, the wake effects had
relatively little eflect on the pressure distributions obtained from the analysis of the
target wing; but, when the boundary laver displacement thicknesses’ obtained were
investigated. 1t was discovered that neglecting wake effects in the analysis produced
boundary laver displacement thicknesses that were on the average 3.5% thicker at the
trailing edge than those obtained from a full viscous analysis. Since the boundary
layer displacement thicknesses are subtracted from the initial inverse changes to yield
the hard airfoil, these larger displacement thicknesses would produce a section that
was initially thinner than the target; but, after relofting the airfoil section, it would
actually be thicker than the target.

The wing sections designed inviscidly are profoundly different at 30 and 70%
semispan, but only slightly different at 50% semispan. The thinning of the top surface
in complement with the thickening of the lower surface significantly decambered these

sections. The large differences at the inboard and outboard design stations are due to
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the influence of the inviscid pressures outside the design region; and, the remarkable
agreement in the middle of the design region, except in the cove region where the
boundary laver is thick, is due to the influence of the viscous boundary condition
at the edges of the design region. This observation can be verified by reviewing the
previous case and noticing that the airfoils cections varied smoothly in the spanwise
direction at all spanwise stations.

After the wings were designed, all {hree were then analvzed with full viscous
effects to assess the significance of the changes made to the wing on the pressure distn-
butions and to see how well these pressures matched the target pressures. Knowing
that the wing designed with full viscous effects is correct. it is quite obvious {rom
Fig. 38 and Table 2 that the wing designed inviscidly is quite unsatisfactory. The
shock is not far enough aft and the lift produced is sometimes 20% smaller than that
desired.

Based on the results of this study, it can be concluded that for the Reynold’s
number and Mach number chosen, wake curvature and wake thickness and lag en-
trainment have a very small effect on the designed airfoil sections. However, the
boundary layer displacement effect has a profound eflect on the section shapes and
Lence must be included in the design process to yield a wing which will produce the

desired lift in a viscous environment.

V.2 Spanwise Grid Skewness
In the course of the present research, it was discovered that the skewness of the

constant ¢ grid lines leaving the tip of the wing (Fig. 39) can havea dramatic efiect on
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Table 2. Comparison of the total and wing lift coefficient obtained from a fully
viscous analysis of the wings designed using different viscous interaction
assumptions at a M = .8 and a Re = 24 x 10°

Lift Target| Full Viscous No Wake Design| Inviscid Design
Coefhicient

o, | swa| om0 |06 A
Wing C | 483 | 478 | AT L a9

the design of the sections near the wing tip. As can be seen in Fig. 40, if the grid was
significantly skewed and the input pressures were calculated on an nonskewed grid.
it was impossible to obtain the correct airfoil shapes in the tip region. This difficulty
is due to the large differences in pressures between the skewed and nonskewed grid.
These pressure profile difierences are shown in Fig. 41.  As shown in the figure.
the grid skewness has caused the shock location to move further aft. Although the
skewness of the grid was quite extreme in this case, these results affirm the need for
smoothly varving grids in wing design, at least in the spanwise direction. It should
be noted though, that if the input pressures wete obtained on a skewed grid and used
in the design process with a skewed grid then the tip sections were well resolved. In
summary then, if the pressures calculated on an nonskewed grid are correct or closer
to real pressures encountered in flight, then 1t would be wise to ensure that the grid

is smoothly varying.

V.3 Wing Planform Effects
Three cases were attempted to roughly delimit the applicable range of aspect

ratios and leading edge sweep angles for which good results could be obtained with
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Fig. 42 Grid generated about Wing-C with an incompatible root section and fuse-
lage cross section

the present design method. These included Lockheed Wings A. B and C. These wings
have aspect ratios of §, 3.8, and 2.6. leading edge sweep angles of 27, 35, and 45 degrees
and taper ratios of .4, .4, and .3 respectively. The target pressure distributions were
obtained by a direct analysis of the target wings in an inviscid environment. The
initial section for Wing-A was a NACA 0012, whilea NACA 0006 was used for Wing-
B. The original section was used with Wing-C due to the difficulty of the case. Also
for Wing-C, as opposed to the circular cross-section, an elliptical cross section of the
fuselage was used to provide a flatter surface for the grid generation package. The
circular cross-section combined with the large relative thickness of the root section
compared with the width of the fuselage played havoc on the grid at the root, as can

be seen in Fig. 42
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In order to better understand the flow about each wing, the corresponding

velocity vectors on the surface of each wing were plotted, as shown in Figs. 43-45.

As should be expected. the spanwise component of the flow increases as the aspect
ratio decreases and sweep increases. It is also interesting that there seems to be
an inboard component of the flow for all three cases on the upper surfaces aft of the
leading edge. This inboard flow may be attributed to the efiect of the fuselage and the
wing tip vortex. These effects can be seen most readily by viewing a cross section of
the flow just aft of the wing tip shown in Fig. 46. The vortex near the tip of the wing
is quite evident, and flow tangency at the fuselage also contributes to the spanwise
component of the flow. The momentum of the air over the tip must dominate the
fiow, since, as seen in Figs. 47-49.the spanwise pressure gradients appear to encourage
the air to move outboard. However, in order to determine whether
the flow actually traveled in the inboard direction, it would be necessary to plot the
actual streamlines of the flow over the surface of the wing.

The design region for Wing-A and Wing-B extended from 10-100% semispan
and began 3% and 2.5% aft of the Jeading edge, respectively. Computations were
performed on a fine grid. Results for Wing-A are shown in Fig. 50, while results for
Wing-B are shown in Fig. 51.  As can be seen the designed and target sections for
both wings are in excellent agreement in the interior of the design region and closely
match at the edges of the design region.

In the case of Wing-C, the section shapes chould not have changed with the

application of the inverse boundary condition. But, because of the large amount
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Fig. 46 Cross-section of the flow in the x-y plane for Lockheed Wing-C
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of spanwise flow and the associated spanwise gradients for Wing-C, the spanwise
oscillation effect could not be overcome with any of the present remedies. Further
information about this case was obtained by using the Tvpe II method and not
relofiing the section shapes. The results for such a converging fine grid case are
shown in Fig. 32. The first design station at 18% semispan is too thick on
the upper surface as compared to the target. This discrepancy is again due to the
over prediction of the residual at the first station due to the initial mismatch 1n
the potentials in the spanwise direction, and. hence. to large spanwise gradients of
the potential. The errors diminish as the tip is approached, but are always relatively
large in the trailing edge region due to the difficulty in accurat ely imposing the inverse
boundary condition near the trailing edge for this case. If an attempt were made to
converge this case further by continuously relofting the shapes to meet the trailing
edge ordinate, the same spanwise oscillation problem would again occur. However,
non-relofted results such as in Fig. 52 would be very useful for preliminary design

studies.

V.4 Initial Profile Effects

One of the disadvantages of the direct-inverse method is that a priori knowledge
about the correct shape of the leading edge must be known to achieve suitable airfoil
shapes and desired trailing edge thickness. Relofting does alleviate this disadvantage
to a large degree; but it will not, in general, produce a leading edge that will yield the
desired pressure distribution at the leading edge if the inverse boundary condition is

by necessity applied too far aft. It was thought that because FLO-30’s grid package
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clusters grid lines close to the leading edge of the airfoil, that the design could be
started quite clase to the leading edge, thus relieving the designer of the difficulty
of choosing a comect nose shape. Two test cases were conducted to investigate the
dependence of tke final design on the initial airfoil section. Both used Lockheed
Wing-A at the szme conditions mentioned earlier for the viscous study. For the first
case. the initial airfoils were the same as those in the viscous study. These airfoils all
had leading edges which were in the same family as the target section. The design
began 10% aft of the leading edge. In the second case. NACA 0012 sections were
used at all the design stations; here. the leading edge of these sections were not in
the same family as the target airfoil sections. For this case, the pressure boundary
condition began 4% aft of the leading edge. Referring to Fig. 3, it can be seen that
although slightis better results were obtained near the leading edge for the first case,
that the airfoils designed were fairly insensitive to the initial section.
V.4.1 Direct-inverse interface proximity to leading edge

Since experience with the method has shown that the closer the inverse bound-
ary condition is applied to the leading edge, the longer it takes for the solution to
converge, it was of interest to determine how the location of the direct-inverse in-
terface affected fhe final design and the resulting pressure distributions. This study
was accomplished with the aid of the previously discussed Wing-B case, whose design
region began at 2.5% chord, and an inviscid design of 'Wing-B also with NACA 0006
sections as the initial geometry. With the second case, the design was started at 5%

chord from the leading edge; and, the input pressures were obtained from an inviscid

3
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analysis of Wing-B. Since the design pressure distributions were consistent in both of
these cases, the fact that one was a viscous design and the other an inviscid design is
not important here.

Some representative samples of the resulting section shapes for the second case
are shown in Fig. 54.  The resulting wings were analyzed under the same conditions
that the original input pressure distributions were obtained. Representative samples
of the resulting pressure distributions are compared to their respective target distr-
butions in Figs. 33,56. As can be seen. the wing whose design began 2.5% aft
captured the suction peek at the leading edge, while the other case, which began at
5% aft of the leading edge, did not.

When designing near (less than 5%) the leading edge, the solution sometimes
began to slightly diverge or ceased converging. Usually the design could be converged
to the point where there was only a maximum change in the surface of 1-.2% chord.
This was more a problem on the fine grid than on the medium. If it was necessary to
converge it further, the beginning of the design region was moved aft. This observation
is important because if it is necessary to begin the design close to the leading edge to
properly determine the shape of the nose, a successful design may be accomplished by
beginning the design as close to the leading edge as desired or is possible, then moving
the beginning of the design region aft as the solution approaches the last stages of
convergence. This method not only frees the designer from the task of choosing the
correct leading edge shape, but it should also accelerate the convergence of the design

considerably.,
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Because of the leading edge clustering of grid points in TAWS3D, successful
designs have been accomplished on the medium grid with the chordwise direct-inverse
junction beginning just aft of the stagnation point on the lower surface. If the pressure
boundary condition is applied upstream of the stagnation point, major difficulties
arise when an attempt is made 1o integrate past this point of singularity. since the
slope, {'v is indeterminate there.

For the case shown in Fig. 57 . the design was begun 1% aft of the leading
edge, but in retrospect, it could have begun close to .3% aft of the leading edge since
the converged stagnation point was located about .2% aft. Notice how precisely the
designed surfaces can be computed when compared to the targets outboard of the
first design station. This case effectively demonstrates that since the design region
can be extended extremely close to the leading edge with TAWSD. the fact that the
pressure boundary condition can only be applied aft of the leading edge is a very

small shortcoming of this direct-inverse method.

V.5 Pressure Distribution Compatibility

Since a designer might not readily have available an input pressure distribution
compatible with the design freestream Mach number, the effect of designing a wing
at one Mach number using a pressure distribution obtained from an analysis of the
wing at a different Mach number was investigated. The Wing-A planform was used
throughout this portion of the study. NACA 0012 sections were used as the targets

and NACA 0006 sections were used as the initial sections in the design. The entire
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wing was designed on from root to tip, and the design region started 10% aft of the
leading edge of the wing.

Two separate tests were performed. The first involved a fine design at a nearly
incompressible Mach number of .2 using a pressure distribution obtained from an
analysis of the target at a Mach number of .1. As can be seen {rom Fig. 38.
thinner section shapes were obtained at the higher Mach number. This thinming isin

agreement with the 2-D Prandtl-Glauert similarity rule®

"'1 \/l - 1\112

e (5-1)
T2 _ 2
V1 - M3

which states that the ', will be invariant with Mach number if the thickness. . is
reduced as the Mach number is increased for linearized flow. For this case. Eq. (3-
1) would predict that a 1.54% decrease in thickness would be necessary to have the
same pressure distribution at the higher Mach number. The design code for this 3-D
case produced a section which was on the average 1.6% thinner than the NACA 0012
section.

The second case involved a medium grid design at a Mach number of .85 using
a pressure distribution obtained at a Mach number of .80. Referring to Fig. 39, the
section shapes produced are again thinner than the initial section. The top surface,
though, required a sudden thinning of the surface at the shock location. Surprisingly,
upon analyzing this wing, the pressure distributions shown in Fig. 60 match quite
well with the target everywhere except in the tip region of the wing. So, given the
constraints of the problems, it appears that the only way the boundary conditions

could be met was to have these dips in the airfoil surface. Since these dips might
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lead to boundary layer difficulties, it would probably behoove the designer to vary
the Mach number or alter the pressure distribution to eliminate the necessity of these

dips.

V.6 Grid Refinement Effects

Since the computational time required for a design on the medium grid is about
an eighth of that required on a fine grid, it may be tempting to try to design on the
medium grid using fine grid or real pressures. In order to assess the practicality of this
approach, a transonic design on a medium grid using fine grid pressures was carried
out. The case was performed at a Mach number of .8 and an angle of attack of two
degrees. The original supercritical sections for Wing-A were used as the initial. as
well as. the target sections. The results are shown in Fig. 61. The only place where
the designs came close to the target was near the middle of the wing. A slight wave
appears in the upper surfaces of the designed sections near the shock location. This
pertubation is due to the smearing of the shock on the medium grid. The section
designed at the wing tip deviated considerably from the target. The fact that at the
wing tip the fine grid C; is lower than the medium grid C'; most probably led to the
decambering of the sections at the wing tip.

No attempt was made to match the Cr’s of the fine grid and medium grid
analyses by varying the Mach number or angle of attack, but a comparison of the
medium grid pressures at various Mach numbers and angles of attack with the target
fine grid pressures for the supercritical wing shown in Fig. 62 reveal that it would

probably be necessary to alter the twist of the wing to closely match the Ci's at all
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Fig. 62 Comparison of fine grid pressure distribut
distributions obtained from an analysis o
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of the design stations. It also shows that increasing the angle of attack to 2.1° would
have produced closer matching C;'s and hence perhaps better designs. In retrospect,
though, given that the fine grid pressures are correct or more realistic, it would be
necessary, unless appropriate corrections can be found, to use the fine grid to properly

design the correct airfoil sections.

V.7 Fixed Trailing Edge Design

This case was investigated to verify that a fixed trailing edge design could be
accomplished with the present version of the code. The case chosen utilized Lockheed
Wing-A at a Mach number of .§ and an angle of attack of 2°. A NACA 0012 section
was used as the initial geometry from 30% to 70% semispan. while the remaining part
of the wing used the original supercritical sections. The inverse boundary condition
was enforced from 5% to 80% chord. The airfoil aft of 80% chord was fixed so that it
maintained the NACA 0012 trailing edge shape. The input pressures were obtained
through a medium grid inviscid analysis of the wing with the original supercritical
sections used throughout. Furthermore, to provide for a smooth transition at the aft
direct-inverse junction, the displacements were smoothed in the chordwise direction.
The type II-2 design method was used in this case.

The resulting section shapes are shown in Fig. 63. The target airfoil section
would actually be the first 80% of the supercritical section and the last 20% of the
NACA 0012 section. Surprisingly, even with the aft portion of the wing fixed, the
designed sections came quite close to matching the original Wing-A profiles at the

30% and 50% semispan locations. At the 70% semispan location, the designed section
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as compared to the original Wing-A section is much thicker on top and thinner on
the bottom leading to a more cambered profile. This shape is probably due to the
interaction of the geometric constraints and the required design pressures. The shock
strength of the input C, distribution does become quite large at this location and
it appears that the section may have become more cambered to account for this
increase. Or, the increased camber may have been needed to provide the necessary
lift required by the inverse boundary condition. The pressure distributions obtained
from an inviscid analysis of the resulting shapes are compared with those produced
by the original Wing-A sections and the NACA 0012 sections in Fig. 64 The figure
reveals that the design pressure distributions are a combination of the Wing-A and
NACA 0012 pressure distributions. It is also interesting that it seems a secondary
shock near the aft limit of the design region was necessary to meet the constraints of
this problem. This very impractical case, of course. was only meant to demonstrate
that it is feasible to fix the aft region of the wing. If a more realistic trailing edge

were used, better results would surely follow.
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CHAPTER VI
CONCLUSIONS AND RECOMMENDATIONS

Progress in the direct-inverse wing design method in curvilinear coordinates has
been made, which included the remedving of a spanwise oscillation problem and the
assessment of grid skewness, viscous interaction, grid refinement and the initial airfoil
section on the final design. Some of the important conclusions were:

(1) In response to the spanwise oscillation problem, designing at every other span-
wise station produced the smoothest results for the cases presented.

(2) A smoothly varying grid is especially needed for the accurate design at the wing
t1p.

(3) The final designed airfoil section {s independent of the initial section if the
chordwise direct-inverse junction 1s moved close to the leading edge.

(4) Boundary layer displacement thicknesses must be included in the successful
design of a wing in a viscous environment.

(5) Presently the design of only high and medium aspect ratio wings is possible
‘with this code.

(6) A partial wing design beginning aft of the leading edge and terminating prior
to the trailing edge is possible Withrthe present method

(7) Designs must be performed on a fine grid.
It is recommended that more work be done to fully understand the fundamental

motivation behind the spanwise decoupling problem in order to eliminate all spanwise
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oscillations in sectional thickness from the solution. This work should also include the
development of a better way to handle the formulation of the residual at the spanwise
direct-inverse junction to eliminate the initial spanwise jump in the residual located
there. Furthermore, the design scheme at the wing root and tip should be refined to
provide more accurate airfoil sections in those regions.

In addition, the necessary logic should be added to begin the integration of the
fiow tangency boundary condition on either side of the section’s stagnation point at
the present iteration level. This addition should allow the entire airfoil Vsection to be
designed with the pressure boundary condition specified everywhere on the wing’s
surface except at the stagnation point.

Prelimenary results have indicated that by allowing the trailing edge ordinate
to float an untwisted wing can be twisted. If this is a well-posed problem. methods
should be devised to accurately calculate the twist given the inverse displacements at
the present time level and to include this in the iterative process such that the twist
angle converges without undue oscillation. It would also be interesting to investigate
the possibility of also allowing the leading edge ordinate to vary in a constrained
fashion so that the local dihedral angle could change.

And finally, since the potential solution and, hence, the design, converge rather
slowly due to the SLOR numerical séheme, the design scheme should be incorporated

into the multi-grid version of FLO-30 to hasten convergence.
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APPENDIX A

DERIVATION OF THE FULL POTENTIAL
EQUATION IN CURVILINEAR COORDINATES

The {ull potential equation transformed from cartesian to curvilinear coordi-

nates is derived here as a courtesy to the reader.

The full potential or the continuity equation written in cartesian coordinates is

(pu). + (pv), + (pw), = 0 (4-1)
where
Yol 2, o o _
p:(l-”)’_:—l(u + v Tu)) (A-2)

It is desired to transform this equation to a curvilinear coordinate system of

£, 7, and { where
€=€($sya:) 77=Tl(:,y=-'c) CZC(mzya:) (‘4_3)

By using the standard chain rule, the following operators can be defined

R
B ind
Using these operators in Eq. (A-1) yields
§= (pu)e + = (pu), + (= (pu),
+ & (p)e + my (pv), + Gy (pv)e (4-3)
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Deﬁning the Jacobian, J, as

£ & &
J = M = |7z ’7: N (A - 6)
3(z,y,:) Cz (y (:

Then after Holst, multiplying the Eq. (A-5) by J~! and rearranging to conservative

form plus remainder gives

[((Pu)E:J']) + ((pl’){l,,]-l) + ((pw)C:J—l)]E
() med ™) + ((e) md ) + ((pe) 27,

+ [(pu) 7)) + (p0) 69 77) + ((pe) I

| (4-=7)
— (o) [(97) % (972, + (6T
(o) [(6T7) + (), + (6T )
— (o) [(ET e+ (1), (7)) =0
Now using the fact that
6J! 287 .
5s -/ ES (4-8)

the last three terms in brackets can be shown to be zero. For example, equating the

first of these terms to zero
(pu) {(&J")E + (7:977), % (C:J“)C] =0 (4-9)

and éxpancling the derivatives and collecting like terms gives

77 [(Eede + (redy + (62X ]

(A —10)
— T e+ nedn + (I =0
Rewriting Eq. (A-4) in matrix notation
8 ¢ \ (%
z z 7= z
S‘ = (fy Ty (y ) % (A-11)
_? £: m: = .?_
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After solving for 3‘%, 5%, 3%, this becomes

An -4 An
=| -4y A  —Ap
Ay —A3; A

[J71] (A -12)

Al Sl e
HERS E A

An =T}y<z - Cy")z Ay = fy(z = f:(y A = fy'r]: - 77y£:
An =7:(: — 77:5: Ana = §=¢: — f:c: A2y = ‘5:77: — {12 ("1 - 13)

-431 =77:<y - 77y§: -432 = {sz - fyC: Ay = {:773; - 77:5;/
These operators can be used to expand the derivatives of {., 7., and (, so that

(§=)e = [Anbez — Anley + Anbe.) J !
(U:),, = [-41277:: - -42277:;: -+ AS?U::} J-! . (.4 - 14)

(C:)( = 1-4134:: - -4234:3' - -433C::} J—l
Substituting these into Eq. (A-10) and collecting terms yields
‘]—2[-411£:= - -4215:11 - -4316::

+4138zz — A2slay + Asslzz)

—J AN Jab: — Andybe + AnyJe (4 -15)
—A12Jzn: — Anadyn. + AszaJ.n-
+A413Jz20 — AasJy(e + A33J2() = 0

with J =§¢:41 — 9241 + (2413
Expanding the second term in brackets in the previous equation to
—J_a[JzJ - Jy(f:"k(a = £2m2(:
+6=77=C: - Ez’?:(: + f:"]:(: - 5:7724:)
‘ . : (A - 16)
+J:(€em=ly ~ €xnyle — &=y

+§3'T]:C: - f:’?y(: - 6}’77363)]
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and cancelling like terms, this reduces simply to

Second term = J~2J;

where : J; =¢; (A11); — 7= (A1), + ¢z (A13),

+ {::All - U::Au + Cz:Al:S
Partially expanding J: to
Jz ={z:-‘411 - 7]::-412 + ::-‘113

"T'E: (nzyCz + 7)3;(:: e n:(:y - Cy’?z:)
—7= (ﬁzyC: - 53!(:: - E::Cy - 5:(:;{)

+(z (é:yn: - Ey’?:: - 77:3'5: —‘773{::)
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(4 —17)
(4 —18)
(Aélw

Upon collection of like terms, this becomes identical to the first term 1n brackets in

Eq. (A-13), thus satisfying the equality. This can be shown to be true of the other

remainder type terms in Eq. (A-T).
Now, reducing the conservative part of Eq. (A-T) to
{J_J ((Pu) z (Pv) §y + (Pw) f:)]f

+ [T () 1 + (pv) 1y + (pw) )],

+ [T () G + (pv) Gy + (pw) C:)] = 0

and defining the contravariant velocities, U, V, W, as

B )-Gge)E)
V =7z Ty "z v
W Gz G ¢ w

with
:'Ce 2,7 2(
h=J =y ¥ ¥
. Z£ :q Zc

Eq. (A-20) reduces to the desired conservative form of

(phU)¢ + (phV), + (ph W) =0

Vg1

(A — 20)
(4 —21)
(4 —22)
(4 —23)
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APPENDIX B
DERIVATION OF THE Cp EQUATION

Although this derivation probably appears in most good books on aerody-

namics, it is included here as a courtesy to the reader.

Cp is defined as

P—p
Cp= L2 P (B-1)
7Po08 o

Using the definition of the speed of sound and isentropic relations, this can be rewrit-

ten as

C, = — (i—1> (B—2)

- ‘7‘M2w Poo

It is desired to obtain a relation for the pressure coefficient, Cp, in terms of soley
the freestream Mach number and the local go. This can be easily accomplished by
beginning with Eq. (2-14),

2
p=(aMe)=? (B -3)
and using the isentropic relation in Eq. (2-10), pressure can be written as

P 2
— = (aMy)7-T (B —4)
Poeo

Upon substituting this into Eq. (B-2), equation, C, becomes

g (e 1) -3

And finally, making use of Eqgs. (2-8) and (2-9), the previous equation can be reduced

Cp =

to the desired relation :

M
where ¢ = (u2 + 2+ w?) g7y
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Appendix IV
User’s Manual for TAWSD
Originally, it was planned to include the user’s manual in this
final report. However, due difficulties in the preparation of figures,

it will not be available until mid-November. Thus, it will be provided
to NASA Langley under separate cover,
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