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SUMMARY 

A free - flight investigation was conducted using three rocket 
propelled delta-wing ..... body combinations between the Mach number s of 0.80 
and 1.35. The configurations tested were an aspect -ratio- 2 delta- wing--
body combination with afterbody, an aspect- ratio-2 delta- wing--body com
bination with no afterbody, and an aspect- ratio- 3 delta- wing--body com
bination with afterbody . All models incorporated NACA 63AOo6 airfoil 
sections parallel to the free stream . 

The results indicated that all mode l s were statically stable but 
were dynamically unstable, to various degrees , at transonic speeds. The 
damping was extremely low at subsonic and supersonic speeds, and a 
decrease of aspect ratio decreased the Mach number range over which 
dynamic instability occurred . 

An application of the effect of dynamic instability on the perform
ance of a full-scale airplane has been made from the data obtained from 
the flight-test results . 

INTRODUCTION 

Since flight speeds have progressed into the transonic and low super
sonic speed ranges , the need for the determination of the dynamic longi 
tudinal stability characteristics of aircraft configurati ons traversing 
these speed regions has become paramount . These characteristics are 
especially desired for the tailless delta-wi ng configuration since theo
retical calculations (ref . 1) indicate that the dynamic longitudinal 
stability of these designs is low and that for some Mach numbers and 
center-of- gravity positions dynamic i nstability will exist ·, Therefore, 
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an experimental study of the effects of various parameters on the dynamic 
stability of tailless delta airplane configurations is desired. 

Recently the results of systematic studies of the effects of some 
parameters on the damping-in-pitch characteristics of tailless delta air
plane configurations at subsonic and supersonic speeds were published . 
(See refs . 2 and 3.) It was impossible in these investigations to obtain 
results in the transonic speed range because of the limitations of the 
test facilities . A desire, therefore, exists for the determination of 
these data in the transonic speed range . 

It is the purpose of this report to determine experimentally the 
regions of dynamic instability at transonic speeds and low supersonic 
speeds and to determine the effects of aspect ratio on this dynamic 
instability. 

This report is a continuation of the investigation reported in ref
erence 4 and contains the results from the flight tests, conducted by 
the Pilotless Aircraft Research Division, of an aspect-ratio-2 delta
wing--body combination with afterbody, an aspect-ratio-2 delta-wing-
body combination with no afterbody, and an aspect-ratio-3 delta-wing--
body combination with afterbody. All wings had NACA 63A006 airfoil sec
tions parallel to the free stream . The data are presented over a Mach 
number range of about 0 . 80 to 1.35 corresponding to a Reynolds number 
range of about 9 X 106 to 20 X 106, respectively. 

The static and dynamic longitudinal stability characteristics of the 
models were determined by analyzing the oscillations produced in pitch 
by firing small rocket motors which were mounted to provide thrust normal 
to the longitudinal axis of the models . The drag characteristics were 
determined from the deceleration of the models as they coasted through 
the speed range . The models were flown at the Langley Pilotless Aircraft 
Research Station, Wallops Island, Va. 

SYMBOLS 

V velocity of flight, ft/sec 

V 
M Mach number, 

Speed of sound 

S total wing area, sq ft 

c mean aerodynamic chord, ft 

._-------_.- --- ____ I 
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A 

AI 

't 

x 

p 

R 

q 

b 

aspect ratio 

cross - sectional area of any longitudinal station, sq ft 

body length, ft 

distance along body measured from nose, ft 

air density, slugs/cll ft 

Reynolds number (based on mean aerodynamic chord of respective 
models ) 

dynamic pressure, lb/sq ft 

total damping factor (logarithmic decrement of pitch oscillation), 
radians / sec 

time required for short-period oscillation to damp to one-half 
amplitude , sec 

time required for short- period oscillation to double amplitude, 
sec 

k reduced-frequency parameter (based on respective mean aerodynamic 

CLa, 

chord of models ), 
2V 

distance from leading edge of mean aerodynamic chord to aero
dynamic center of model, percent of mean aerodynamic chord, 
positive rearward 

lift coefficient , Lift/qS 

slope of lift curve , per degree 

pitching- moment coefficient , Moment 

qSc 

Clla static stability derivative, per degree 

dCm --, 
~ 

per radian 

2V 
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dCm cma. = -;=, per radian 
~ 

2V 

CD drag coefficient 

~ angle of attack, measured from fuselage reference line, deg 

~= 
1 

57 ·3 
d~ / radian sec 
dt ' 

8 angle of pitch, measured from fuselage reference line , radians 

d8 -, radians/sec 
dt 

t time , sec 

w frequency of short- period oscillation, radians/sec 

m 
pSc 

relative-density factor 

MODELS AND APP ARTUS 

The general arrangements of the models are shown in figure 1 , and 
the geometric characteristics of the models are presented in table I. 
A photograph of one of the models is presented in figure 2, and a photo
graph of one of the models on the rocket launcher is shown in figure 3. 
The cross - sectional- area distribution of each of the models is presented 
in figure 4, for possible correlation of drag results . 

Each model consisted of a basic fuselage to which was attached the 
wing under test. The fuselage was a body of revolution, consisting of 
an ogival nose section and a cylindrical body section . Construction of 
the fuselage was of duralumin with magnesium skin . The nose section 
contained the telemeter and the cylindrical body section contained the 
wing mount , necessary fairings , the vertical tails , and, for models 1 
and 3, the sustainer rocket motor . The fuselage of model 2 terminated 
at the trailing edge of the wing so that there was no afterbody and the 
cylindrical body section did not contain a sustainer rocket motor . 

~--~-- -------~-
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The wings of the models were constructed of wood with sheet aluminum 
inlays (for structural purposes ) and were mounted on the fuse l age ( as 
shown in fig . 1) with the resultant center of gr avity at 17 percent of 
the mean aerodynamic chord . 

All models contained a four - channel telemeter . Measurements were 
made of the normal and longitudinal accelerations , angle of attack (meas 
ured by a vane- type instrument located on a sting forward of the nose of 
the models ( see ref . 5)) , and total pressure (measured by a tube located 
on a strut below the fuselage of the models ) • 

Velocity data were obtained by CW Doppler radar ; range and elevation 
of the models during flight , by tracking radar ; atmospheric conditions , 
by radiosonde . The first portion of the flights was recorded by special 
cameras. 

Models 1 and 3 contained a cor dite sustainer rocket motor and were 
boosted by a light -weight 5-inch HVAR r ocket motor. Upon burnout of the 
booster rocket motor , the model separated from the booster , the sustainer 
rocket motor fired, and the model was propelled to its maximum speed. 
Upon burnout of the sustainer rocket motor, the model coasted throu~hout 
the test speed range . Model 2 , which di d not contain a sustainer rocket 
motor, was boosted to its maximum speed by an ABL Deacon rocket motor . 
Upon burnout of the booster rocket motor, the model separated from the 
booster and coasted throughout the speed range . 

Models 1 and 2 together with their boosters were launched from a 
rail- type launcher as shown in figure 3. Model 2 and its booster were 
launched from a mobile zero- length type of launcher . 

All model- booster combi nations were launched at an angl e of approxi
mately 450 • 

TEST AND ANALYSI S 

Test . 

The data for each model were obtained during the decelerating part 
of the flights , that is , after sustainer motor burnout . I t was intended 
to disturb each model in pitch by a series of smal l rocket motors pro
viding thrust normal to the l ongitudinal axis of the model and located 
near the rear of the model . These rocket motors were designed to fire 
during the decelerating porti on of the flights so that the data could 
be optained over a Mach number range during the coasting phase of the 
flights . The firing sequence of these small rocket motors was such that 
the oscillation caused by the firing of one of the small rocket motors 
would damp to an approximate trim angle of attack before the next small 
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rocket motor was fired . Model 1 contained four of these small rocket 
motors and all of them fired , but the first one fired during the latter 
part of sustainer motor burning . Because of an electrical failure, all 
eight small rocket motors contained in model 2 failed so that model 2 
was not disturb.ed in pitch as the model traversed the Mach number range. 
Model 3 contained four pulse rockets and three of the four fired; how
ever, the first small rocket fired during the latter part of sustainer 
motor burning . 

Time histories of angle of attack, lift coefficient, and Mach num
ber covering the decelerating portions of the flights and the times at 
which the small pulse rocket motors were fired for each of the three 
models are shown in figure 5. Also shown are the envelopes drawn for 
each oscillation in pitch that were caused by the firing of the small 
pulse rockets . The desired static and dynamic longitudinal stability 
derivatives were obtained from these oscillations. However, it was only 
poss ible to determine these derivatives for models 1 and 3 since the small 
rocket motors contained in model 2 failed to fire and the oscillations 
experienced by model 2 as it traversed the speed range were not free 
oscillations but forced oscillations of a random nature . 

Roll data, obtained from spinsonde records, indicated that for the 
three models the rate of roll was approximately zero. 

Figures 6, 7, and 8 present, respectively, the variation of air 
density, velocity, and dynamic pressure with Mach number for each of the 
tests . These quantities are presented so that a possible correlation of 
the data obtained from these tests with data obtained from other tests 
may be made . 

The scale of the tests is presented in figure 9 where Reynolds num
ber is plotted against Mach number (the Reynolds number is based on the 
respective mean aerodynamic chords). 

Accuracy 

It is impossible to determine exactly the limits of accuracy of each 
quantity derived from these free - flight model tests. In general, however, 
the absolute value of any telemetered measurement can be in error by 
2 to 5 percent of the calibrated instrument range. The Doppler radar 
velocity is known to be accurate to better than 2 percent . Since Mach 
number was determined from Doppler radar velocity, it should be accurate 
to 2 percent . The derivative CLa and the coefficient CD are subject to 

error because they depend upon the measured normal and longitudinal accel
erations and angle of attack , as well as the dynamic pressure . Since 
Cmu is determined essentially from the period of the oscillation, it .. 
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will be unaffected by the error in the measured values of the angle of 
attack or normal acceleration but will be affected by the errors in 
dynamic pressure and the deter mination of the moment of inertia. The 
aerodynamic-center location should be unaffected by errors in dynamic 
pressure because it depends upon the ratio Cmu!CLu0 

The total damping factor b should be affected by errors in the meas
ured quantities of angle of attack and normal and longitudinal accelera
tions) as well as errors in fairing the envelopes of the oscillations 
and errors in determining slopes , and is considerably more inaccurate 
than the other derivatives . The errors in the total damping factor are 
reflected directly into the damping- in- pitch derivatives Cmq + Cmu. 

Analysis 

After the firing of each pulse rocket the models experienced short
period oscillations in pitch as shown in figure 5. These oscillations 
were analyzed to obtain the static and dynamic longitudinal stability 
characteristics of each of the models . The method of analysis used to 
reduce al~ the data except the total damping factor b is described in 
detail in appendix A of reference 6. Since it was felt that the total 
damping factor b of the models would be changing rapidly throughout the 
transonic speed range, the method described in reference 6 to determine 
the total damping factor b was not used, but the following procedure 
was employed : 

(1) The envelopes of the oscillations in angle of attack and lift 
coefficient were drawn and trim values of these quantities were obtained 
from the midpoint between the envelopes (see fig . 5) ° 

(2) The amplitudes of the oscillations were obtained (value measured 
from the trim to the envelope) . These amplitudes were then plotted on 
Cartesian coordinate graph paper and a curve defining the relation between 
the oscillation amplitude and time was determined . 

(3) This relationship was then plotted on semilog graph paper with 
the oscillation amplitude plotted along the log scale and a curve faired 
through the points . 

(4) From this semilog plot , the time for the oscillation to damp 
to one-half amplitude or the time for the oscillation to double amplitude 
was determined . When the variation of the oscillation amplitude with 
time, when plotted on semilog graph paper , was a straight line one value 
of Tl / 2 or T2 was obtained for the complete oscillation . However, 

when the variation was a curve , values of Tl / 2 or T2 were obtained 
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over arbitrarily selected values of time. The results were plotted 
against the Mach number corresponding to these times. 

(5) From the time to damp to one-half amplitude, the total damping 
factor b was obtained from the following expression 

While from the time to double amplitude, the total damping factor b was 
obtained from the following expression 

b == 

Order of Oscillation Frequency 

From the periods of the short-period oscillations of each model, 

the reduced-frequency parameter k == we (based on respective mean aero-
2V 

dynamic chords) was determined. Inasmuch as the values of k that were 
determined were less than 0.036, it is believed that second-order fre
quency effects are not important in the determination of the damping-in
pitch derivatives and that the method of reducing the data presented in 
the "Analysis" section gives good results for these derivatives. 

RESULTS AND DISCUSSION 

The stability parameters of the models presented in this paper were 
determined from the coasting phase of the flights. All the models were 
tested with the center of gravity located at 17 percent of the mean aero
dynamic chord behind the leading edge of the mean aerodynamic chord. 

Trim 

The trim characteristics of each model are shown in figure 5. Note 
that the ordinates of figure 5(b) are plotted to a larger scale than the 
ordinates of figures 5(a) and 5(c). Modell flew at a trim angle of 
attack of approximately _1.00 throughout the flight corresponding to a 
zero-lift condition and did not experience a trim change in the transonic 
speed range. Model 2 flew at a trim angle of attack of approximately -0.150 
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at high subsonic speeds corresponding to a lift coefficient of approxi
mately -O.OlS and experienced a nose-up trim change at transonic speeds. 
At supersonic speeds, model 2 flew at an angle of attack of approxi
mately 0 0 corresponding to an approximate zero-lift condition. Model 3 
flew at an approximate angle of attack of -0.50 corresponding to a zero
lift condition throughout the flight and did not experience a trim change 
in the transonic speed range. 

Lift 

The variation of the slope of the lift curve CLu with Mach number 

is presented in figure 10. These data are presented for models 1 and 3 
only Since, as previously mentioned, the small rocket motors contained 
in model 2 failed to fire and the forced oscillations in angle of attack 
experienced by model 2 were not used to determine CL' 

a.. 

By comparing the lift-curve slopes of models 1 and 3, as shown in 
figure 10, it may be seen that at transonic and supersonic speeds, the 
values of CLa, for model 1 (A = 2) and model 3 (A = 3) were closer than 

expected. This variation disagrees with the predicted variation when 
considering the difference in aspect ratio. The values of CLu for 

model 3 (A = 3) should be considerably higher than the values of CLa, 

for model 1 (A = 2) throughout the speed range provided, of course, that 
both models were identical in stiffness (i.e., identical degree of flexi
bility). During preflight checks it was found that the wings of model 1 
were more rigidly attached to the fuselage than were the wings of model 3; 
therefore, model 3 was more flexible than model 1 and would be more sus
ceptible to aeroelastic effects. 

To determine the degree of this flexibility, static twist tests were 
performed on the wings of models 1 and 3 while attached to the fuselages 
(see appendix of ref. 7). On the basis of these tests, the values of 
CLa, for model 1 should be identical to rigid-wing values at subsonic 

and supersonic speeds, and the values of CLa, for model 3 should be 

reduced 20 percent at subsonic speeds and 30 percent at supersonic speeds 
from rigid-wing values. 

These static twist data are substantiated in figure 10 where the 
CL value of models 1 and 3 is compared with wind-tunnel values of CLa, 

a.. 
(ref. 8). The wind-tunnel models were constructed basically of steel 
and are considered rigid. The data of model 1 agree with the wind-tunnel 
data throughout the speed range, while the values of CLa, for model 3 

J 
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. 
are about 17 percent lower at subsonic speeds and about 32 percent lower 
at supersonic speeds than the wind-tunnel values of CLu. Note that the 

differences in the values of CL as obtained for model 3 and the wind-
a. 

tunnel tests become greater as the dynamic pressure becomes greater} 
further indicating that model 3 was quite flexible. This effect was not 
apparent for model 1. 

Static Longitudinal Stability 

The static longitudinal stability for model 1 (A = 2) and model 3 
(A = 3) is presented in figures 11 and 12 where the variations with Mach 
number of the slope of the pitching-moment curve and the aerodynamic 
center location are shown} respectively. Figure 11 shows that } for both 
models} the values of Cma. increase with increasing Mach number through 

the transonic speed range, then decrease somewhat as the Mach number 
became greater than one. The data of figure 12 indicatt:! an abrupt 
increase in static stability in the transonic speed range and a gradual 
decrease at supersonic speeds. 

Dynamic Longitudinal Stability 

Total damping factor.- From the time history of the pitch oscilla
tions encountered during the flights of the models (see fig. 5)} the 
total damping factor b was obtained. This total damping factor b includes 
the contributions of moment due to motion along a curved path at constant 
angle of attack Cm } the moment due to plunging motion with constant ver-

q 

tical acceleration Cmu' and the translation effect of The varia-

tion of b with Mach number for models 1 and 3 is presented in figure 13. 
By use of the method presented in the "Analysis" section} it was possible 
to determine numerous instantaneous values of b near M = 1.0 and at 
high subsonic speeds such that the curves that appear in figure 13 repre
sent values that were determined from experimental test data points only. 
At low supersonic speeds} the curves represent fairings through data that 
were obtained at t wo supersonic Mach numbers. Superimposed on these curves 
near M = 1.0 are broken vertical lines which indicate regions where 
limited data were determined from the tests. For model 1 (A = 2), this 
region represents data that were determined from a limited number of 
cycles. By referring to figure 5(a), it may be seen that near M = 1.0 
the envelopes of the oscillations were determined from about three cycles 
so that the envelopes could not be very well defined because of the rapid 
changes in damping. For model 3 (A = 3), the region represents data that 
were determined from angle-of-attack oscillations that were less than 0.10 

in amplitude . (See fig. 5(c) near M = 0.9.) These oscillations were 
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considera~ly more regular than those of model 2 ( see f i g . 5( b )) and only 
occurr ed in the region near M = 0 .9 . 

Figure 13 shows that for each mode l ther e is an abrupt decr ease i n 
the total dampi ng factor f r om negat i ve ( stabl e ) to positive ( unstable ) 
values for relative l y small i ncrements of Mach number at transoni c speeds . 
As the Mach number f urther incr eases , t he total damping factor increases 
and becomes stable f or both mode l s . I t may be noted that model 3 (A = 3) 
experienced dynamic instability at a lower Mach number than mode l 1 
( A = 2); also , thi s dynamic instabilit y exi sted over a wi der r egi on of 
Mach number than f or model 1. 

The t wo data points near M = 0.9 for model 1 (A = 2) were deter
mined from an os cillation whose envelopes when plotted on semilog graph 
paper had t wo distinct slopes. This characteristic was not apparent in 
any of the other oscillations, nor was it apparent in any of the oscilla
tions exper i enced by model 3 (A = 3). The higher value of the total 
dampi ng f actor, b = -3.90, was obtained from an oscillation-amplitude 
range of 0 .250 ~ ~ ~ 1.000 , while the lower value of the total damping 
factor, b = -2.40, was obtained from an oscillation amplitude range of 
1 .000 ~ ~ ~ 1.500 • Since the Mach number as well as the oscillation 

amplitude wap different for each of these slopes, the curves showing the 
trend of b with Mach number were not faired through these points since 
it was not known whether the difference in b is due to Mach number or 
oscillation amplitude or both. 

Although these oscillations showed that the models had low dynamic 
stabil ity, t he motions were not violent and the models traversed the 
speed range with no adverse effects. (See fig. 5.) 

Rotational damping-in-pitch derivatives.- The total damping factor b 
a s obtai ned f or models 1 and 3 was reduced to determine the rotational 
damping- in-pitch derivatives Cmq + Cma on the basis of s teady f lows . 

These data are pr esented in figure 14 where the effect of aspect rat i o 
on Cmq + ~ i s indicated. 

At t r ansonic speeds, the data for model 1 (A = 2) and mode l 3 (A = 3) 
show t he same variation in that there i s an abrupt decrease i n Cmq + Cma 

over a small transonic Mach number range; however, Cmq + Cmu for model 3 

(A = 3) becomes unstable at a lower transonic Mach number than Cmq + C~ 

f or model 1 (A = 2). At s upersonic speeds, Cmq + Cmu for model 1 (A = 2) 

be comes stab l e at M = 1.02, while Cmq + C~ for model 3 (A = 3) becomes 

s table at M = 1.07. Not e t hat the Mach number range over which insta
bility exists is extremely small for model 1 (A = 2). Also the Mach 
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number range over which instability occurs decreases with decreasing 
aspect ratio. The results of reference 4 indicate that, for an A = 4 
delta-wing--body combination, dynamic instability occurs over a wider 
range of Mach number than for either the A = 2 or A = 3 configurations. 

The two test points near M = 0.90 indicate values of 

that were determined from the data of figure 13 at the corresponding 
Mach numbers. 

Also presented in figure 14 are the theoretical supersonic Mach 
numbers below which dynamic instability will occur as predicted by the 
theory of reference 9. The theory predicted that, for a center-of-gravity 
position located at 17 percent of the mean aerodynamic chord, dynamic 
instability would occur below M = 1.007 for the A = 2 configuration 
and below M = 1.054 for A = 3 configuration. Comparing these Mach num
bers with the corresponding experimental Mach numbers indicates that the 
theory of reference 9 is reliable in predicting the Mach number below 
which dynamic instability exists at supersonic speeds. 

For the A = 2 configuration the rapidly changing near 

M = 1 from negative (stable) to positive (unstable ) and finally to neg
ative (stable) values can be seen in figure 5(a) where near M = 1 the 
envelopes of the oscillation in angle of attack and lift coefficient 
converge then diverge and finally converge. 

The test data of figure 14 were applied to a hypothetical full-scale 
airplane to determine the conditions of flight at which dynamic insta
bility would occur. By assuming that the relative density factors of 
the models and the full-scale airplane were identical, it was found that 
the full-scale airplane would experience dynamic instability over the 
same Mach number range as the models reported in this paper but at an 
altitude of approximately 50,000 feet. Inasmuch as this altitude can be 
attained by present-day aircraft, an attempt will be made to determine 
how this dynamic instability will affect the performance of the airplane. 

By referring to figure 5 (particularly fig. 5(b)), it can be seen 
that the motions experienced are not violent and that the airplane would 
traverse the speed range with no difficulty provided that the performance 
of the airplane is not limited to transonic speeds less than M = 1.3. 
However, if the performance is limited to transonic speeds at an altitude 
of 50,000 feet, this dynamic instability (see fig. 5) would present a 
problem. As the region of dynamic instability is approached, the oscilla
tions in pitch would increase in amplitude and the total drag of the air
plane would increase abruptly because of the drag due to lift. As a 
result, the speed of the airplane will decrease rapidly and the airplane 
will be flying below the speed region for dynamic instability. Therefore, 
the problem of dynamic instability that the full-scale airplane would 

; 
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experience at an altitude of 50 , 000 feet and at transonic speeds is not 
a severe one in that the results are not catastrophic , but it is a problem 
in performance which in many cases may sever ely restrict the mission 
that the airplane is required to fulfill . 

Drag 

The variation of the drag coefficient with Mach number for the three 
models is presented in figure 15 . The effect of the afterbody on the 
drag may be seen by comparing models 1 and 2 . Models 1 and 2 experienced 
about the same peak drag coefficient , but at supersonic speeds the drag 
coefficient of model 1 is l ower than that for model 2. The trend of 
these results agrees with the results of reference 10 . The drag rise of 
model 3 is lower than that of models 1 and 2. 

CONCLUSIONS 

From the results of the free - flight tests of three delta-wing--body 
combinations - an aspect-ratio-2 delta- wing--body combination with after
body, an aspect-ratio- 2 delta- wing--body combina~ion with no afterbody, 
and an aspect-ratio- 3 delta- wing--body combination with afterbody, all 
incorporating NACA 63A006 airfoil sections - the following conclusions 
may be stated: 

1. All models were statically stable throughout the Mach number 
range investigated (M = 0 . 80 to 1 . 35) but were dynamically unstable, to 
various degrees, at transonic speeds . 

2. The total damping factor as well as the rotational damping-in
pitch derivatives were extremely small at subsonic and supersonic speeds 
and were unstable at transonic speeds . 

3. The effects of decreasing the aspect ratio were to decrease the 
Mach number range over which dynamic instability occurs . Also the theory 
predicted the trend with aspect ratio of the supersonic Mach number at 
which zero damping occurred . 

4. The data of the free - flight tests when applied to a full-scale 
airplane indicated that although the dynamic instability would present a 
problem in the performance of the airplane, the overall results would 
not be catastrophic. 

Langley Aeronautical Laboratory, 
National Advisory Committee for Aeronautics, 

Langley Field, Va . , April 29, 1954 . 
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TABLE I.- GEOMETRIC CHARACTERISTICS OF THE MODELS 

Model 1 Model 2 Model 3 

IWing : 
Total area, sq ft · · · · · · · · · · · · · 5·00 5 ·00 5·00 
Span, ft . · · · · · · · · · · · · · · · · 3.16 3.16 3.87 
Aspect ratio · · · · · · · · · · · · · · · 2 2 3 
Mean aerodynamic chord, ft · · · · · · · · 2.11 2.11 1.72 
Sweepback of leading edge · · · · · · · · 630 26' 630 26' 530 04' 
Dihedral, deg · · · · · · · · · · · · · · · 0 0 0 
Taper ratio · · · · · · · · · · · · · · · · 0 0 0 
NACA airfoil sections parallel 

to free stream · · · · · · · · · · · · · 63A006 63A006 63A006 

Fuselage: 
Length, in. · · · · · · · · · · · · · · · · 75·00 57·eo 75·00 
Fineness ratio · · · · · · · · · · · · · · 10·70 8.26 10·70 

Miscellaneous: 
Model weight, Ib · · · · · · · · · · · · · 113·5 135·5 115·5 
Moment of inertia in pitch, 

Iy, slug-ft2 · · · · · · · · · · · · · · 11.20 14.06 11.00 
Center-of-gravity position, 

percent M .A.C. · · · · · · · · · · · · · 17 17 17 
Wing loading, lb/sq ft · · · · · · · · · · 22·7 27·1 23·1 
Relative-density factor, ~ 

At M = O.eo · · · · · · · · · · · · · · 173 220 204 
At M= 1.25 · · · · · · · · · · · · · · 158 190 178 
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Figure 3.- Photograph of one of the models on the launcher. 

L_,_ .~ I 

~ 



NAeA RM L54D29 

.012 

A' 

.008 

MO~1<J3 
A=2 

NACA 63A006 
Forward 

t-z Vi !"air ing V 
12 

. 004 V V 

V V 

/" 
V 

o 
o .1 .2 .4 

.024 

MO~R 
A=2 

NACA 6OSA006 . 020 

.016 

/' 
Forward ~ fairing V 

b V 
. 008 / 

V 

V 
V 

/ 
V 

. 004 

o / 
o .1 . 2 .4 

.012 

A' 

MOd~ 
A=3 

NACA 6 AOO ./ 

Forward 
tz Vi fairing ~ 

.008 

12 

. 004 ~ 
V 

V 
./' 

./" 
V 

o 
o .1 . 2 .3 .4 

-~-~-- ---

Wirio/ !---

V V "" i' 

F1.!selage 

. 5 
x/z 

. 6 

t--f'... 
'\ 

I """::::: 

.7 

Wl~ ",..-

· 5 
X/1 

..... 

Win~ 

[7 

/V ~ 

Fuselage 

.6 .7 

V ........ 

'" ~ 

'" 

21 

Rear 
T~'p I\- fairing 

~ ---t-\-

.8 ·9 1.0 

Rear 
fairing 

\' ~Tall 
i'- \ \ \ 

~ 
L\ 
~ l:l":: 

........ 

.8 ·9 1.0 

Rear 
t'airing Tail 

I~ K -~ 

· 5 
x/z 

Fuselage 

.6 .7 .8 1.0 

Figure 4.- Longitudinal distribution of cross-sectional area. 

------~~ --~-



22 

2 

o 
«, 

deg - 2 - >~Trim 

-4 

. 12 

.08 

Trim 

f\-.. 

-->- """"'---Trim 

Pulse rocket f l red 
at this time 

Amplitude 
Envelope 

A:: 

Pulse rocket f i red 
a t this t ime 

NAeA RM L54D29 

\"':'Tr i m 

_ • 0& '-;;-'-:-'-:-~-L--JL.....L...L.....IL.....L...1...-L..,--'--...1...-L.Ll.-..l...-L......L...-L...L......L....L.....l.......L....L....l.........L...L......l........L...L....L--'---L....L-L--JL.....L...L.....I-..J 
.8 6 .0 6 .2 6 .4 6 .6 6 .8 7.0 7.2 7 .4 7.6 7.8 8 .0 8.2 8 .4 8 .6 8 .8 9 .0 9 .2 9 .4 9 .6 9~ 10 .0 

Time, sec 

~g ::ff------', " , ~ 
Pul se rocke t fired 

at this time 
. 12 

. 0'1 

I ! 

O ~------------------~I-~~~~~~~~=-------------------

-. 04 

- . 08~~~7-~~~~~~~~~~~~~~~~~~~~~-L-L~~~~~~~~~ 
10 .0 10 . 2 10 .4 10 .610 .8 11 .0 11 .2 11.4 11 . 6 11 .8 12 .0 12 .2 12 .4 12. 6 12.8 13.013 . 2 13 . 4 13. 6 13 .8 14 .014 .2 

Time, sec 

(a) ModelL 

Figure 5.- Time history of flights showing envelopes of the oscillations, 
trim values , and the time where the pulse rockets were fired. 



NACA RM L54D29 

.6 

-.4 

CL:;t=~~~~ 
~.O 3 . 2 3 . 4 3.6 3 . 8 4 .0· 4 . 2 4 .4 4 . 6 4 .8 5 . 0 5 . 2 5 .4 5 . 6 5 . 8 6 .0 6 . 2 6 . 4 6 . 6 6 . 8 7 . 0 7.2 

Time, sec 

. 6 

.4 

. 2 

-.4 

. 02~ 

C~i~" """"""""" 7 . 2 7 . 4 7 . 6 7 .8 8 . 0 8.2 8 .4 8 . 6 8 .8 9 . 0 9 .2 9.4 9 . 6 9 .8 10 . 010 . 210 .410 . 610 .811. 011 . 2 11.4 
Time , sec 

(b) Model 2. 

Figure 5.- Continued. 

23 



24 NACA RM L54D29 

l.l 
':::t~--, -------------------------------------, -,-------

2 

oc, o~~~~~~~~~============================ deg L 

~Trim - 2 

.12 

.08 

pulse rocket fired 
at this time 

~08~~~~~~~~~~~~~~~~~~~~~~~~~~L-~~~~~~~~~~~ 
5.8 6 .0 6 . 2 6 .4 6 . 6 6.8 7 .0 7 . 2 7 .4 7 . 6 7 .8 8 .0 8 . 2 8 .4 8.6 8.8 9 .0 9 . 2 9 .4 9 . 6 9 .810 . 0 

· ::[ 
.8 

2 

oc, 0 
deg 

-2 

-4 

.12 

.08 

.04 
CL 

0 

-;04 

Time, sec 

~Trim. 
Pulse rocket fired 

at this time 

~08'~~~~~7-~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~ 10 .0 10 . 210 .410 . 610 .8 11 . 0 11.211 .4 11.611.8 12 .012 . 212 .4 12.612.813.013.213.4 13.613.814 . 0 14 . 2 
Time , sec 

(c) Model 3. 

Figure 5.- Concl uded. 

,. 



NACA RM L54D29 25 

24 -~ x 10 

23 

22 

21 

p, 20 

slugs /cu ft 

19 

18 

17 

16 
.7 

/ ~ 
/ 

.8 

.O~ 
A • 3 j ....... 

NACA 63AOOO 

~ 
~ 

v 
/ ,. 

v G2 v ~ 
~ 

IL-"0~ 
A • 2 

NAGA 63AOOO 

1.0 

M 

.....-

/' ~ V 

~ ~ V 
~ V-I--

V 
~ 

r-
V 

'Ode,,~ 

~A~roS :: ~ 

1.1 1.2 1.3 

Figure 6.- Variation of air density with Mach number. 

1.4 



26 NAeA RM L54D29 

1.~ 
V, 800r--1-+~--~--~~~-+--~--+---~-4--~--4---+-~ 

f't/sec f----- L M~del 3 

A • 3 
NAC! 63A006 

600r-~~~~~--~~---+--~--+---~-4--~--4---+-~ 

400r--+---r--~--r--1---+--~--+-~~-+--~--+---~~ 

o ~~--~--~--~~--~--~--~--~~--~--~--~~ 
.7 .8 .9 1.0 1.1 1.2 1.3 1.4 

M 

Figure ,.- Variation of velocity with Mach number. 



NACA RM L54D29 

2800 

2400 

2000 

1600 

q, 
Ib/sq ft 

1200 

800 

400 

o 

t---

.7 

/ 

K~ ::g-:; 
V 

/. 

~ A-2 r 
~ NACA 63AOtiS 

I ~ V ' 

~ ~ 
j-----

./ 
.,./ V 

.8 1.0 

II 

.L 

~ ~ 

A K 
~ 

IV - \ 
.....-:::: ~ 

V C/ ~ Ko~;8 
V \ '-2 ____ 

NACA 63AO<X) 

~ j.--""" 

!---- ~ 

~~ A-3 
NACA 63AOd> 

1.1 

Figure 8.- Variation of dynamic pressure with Mach number 

27 

1 . 



I 
L 

28 NACA RM L54D29 

x 

20 
~ A-2 ]\ 

NACA 6.3AOc6 ~ 

K~ t53 
\ ~ ~ ~ r-- 1\ 

~ 
~ A-2 '\. 

NACA 63Aoo6 ~ 

~ P"" I.-
~ ~ --~ 

~ ..,--..,--

~~ ~ l---
v I---

V-~ 
A-3 

-- NACA 63AO~ 

16 

R 

12 

----
v 

8 

4 

o 
.7 .8 .9 1.0 1.1 1.2 1.3 1.4 

II 

Figure 9.- Scale of tests based on respective mean aerodynamic chord. 



NACA RM L54D29 29 

.06 

Model 1 .- '- r- ----I---r-- --I--r--
1--- 1-- Ref. (8) .. 04 

.02 

1I0~ 1::3 '" ,,-2 
o NACA 63A006 

.8 .9 1.0 1.1 1.2 1.4 

)I 

.08 

Ref. (8) 
~ ........ -- ---~- 1"'-__ 

10----- ---
~-

1- - ..... -..... 1--- 1--
.06 

~ 

Model J-r--r--
.04 

.02 JIg 
"-3 

NAC! 63Aoo6 o 
.8 .9 1.0 1.1 1.2 1.) 1.4 

)I 

Figure 10.- Comparison of the slope of the lift curve. 



30 

-.03 

-.02 

-.01 

o 
.7 

-.03 

-.02 

-.01 

o 
.7 

V 

.8 .9 

/ 

,V 

.3 .9 

V 
.., io"'" 

1.0 

M 

1.0 

M 

-

-

NAeA RM L54D29 

'"""'" -l-

MO~\33 
A = 2 

NACA 63AOci> 

1.1 1.2 1.3 1.4 

---- -~ 
MO~ 
A :::; 3 

NACA 6)AOci> 

1.1 1.2 1.3 1.4 

Figure ll.- Variation of the slope of the pitching-moment curve with 
Mach number. 



60 

Xa • c • 40 

20 
.7 

60 

X 40 a.c. 

20 

.7 

.8 

08 

v 

i.....--r-..... 
V .... ~ 

~ ~~~~~- I 
,. 

Model ~ 

A~ S5 =3 I 

NACA- 63A006 

.9 1.0 1.1 1.2 1.3 1.4 

M 

/" -----./ 

MO~ 
A=3 

NACA 63A006 

.9 1.0 1.1 1.2 1.3 1.4 

M 

Figure 12.- Variation of the aerodynamic-center location with Mach number. 

s; 
f;; 

~ 
t""i 
\J1 
+="" 
t:J 
f\) 
\0 

\.>I 
f-' 



32 

,D .. 
'"' 0 

+> u 
res ..... 

.~ 
~ 
'0 

~ 

$ 
0 
f-< 

,D .. 
'"' ~ 
0 
res ..... 
bO c 

..-f 
0-
S 
~ 
~ 

$ 
0 
f-< 

-12 

-8 

-4 

0 

4 

8 
.7 

-12 

-8 

-4 

0 

4 
.7 

0 
j 

.8 .9 

I 

~ ~ -

.8 .9 

NACA RM L54D29 

o 250 < < 6 O. ~ a ~ 1.00 

o 1.00
0 
~ a ~ 1.50 

" 
-" ........... ---\ 

\ 

Model 1 

NA~~(5~ 
1.0 1.1 1.2 1.3 1.4 

'\. 

J 
""'-

I 

MO~ 
A • 3 

NACA 63A006 
1.0 1.1 1.2 1.3 1.4 

Figure 13.- Variation of the t otal damping factor with Mach number. (The 
vertical long-dash lines represent region of limited data.) 



3W 

NACA RM L54D29 

-16 

-12 

-8 

-4 

Cmq + Cmu 0 

4 

8 

12 

16 

20 
.7 

o 0 < _0 . 0.25 - a ~ 1.00 

o 1.00
0 

~ C:l ~ 1.50 

I I I 
Model 1~ 

<: 1 --=1 

A - 2 ~ 
NACA 6)A006 

I~ 
\ " v ..... 

p .......... 

.8 .9 

I 
l, 

I 
I 
i 
I 

I 
, 
I 
I 

I 
I 
I 

~ 

33 

I 
I 
I 

" ~e II 

:~ / 
-

A • 3 
NAC! 63AOO6 

1\ il 
1\ ~II I I 

\ ~ r-, 
_\ I ""'" ----

~'-:-& I 
I 

-..... ....... 

~ MO~':?J -, 
A - 2 

NACA 6)!006 

<) A=2 
Theory (Ref. 9 ) 

& A=3 

1.0 1.1 1.2 1.3 1.4 

M 

Figure 14.- Variation of the rotational damping-in-pitch derivatives with 
Mach number. (The vertical long-dash lines represent region of limited 
data. ) 



34 

.04 

o 
.6 .9 

.04 

Cn .02 

o 
.6 .9 

.04 

o 
.7 .6 

-

--

J 

J 

1.0 

II 

J 

J 

1.0 

II 

v 
V 

1.0 

II 

NAeA RM L54D29 

--
M~ t53 

A-2 
NACA 63Aoo6 

1.1 1.2 

~t3 A-2 
NACA 63A006 

1.1 1.2 1.3 1.4 

~~ A-3 
NACA 63A006 

1.1 1.2 1.3 1.4 

Figure 15.- Variation of the drag coefficient with Mach number. 

NACA-Langley Field, Va. 


