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AERONAUTICAL SYMBOLS
1. FUNDAMENTAL AND DERIVED UNITS

Metric English
Symbol
Unit Symbol Unit Symbol

Lengthadseles l yieter. fc Sl Gl BT m foot (ormile). == 'u_ . ft. (or mi.)

fnea ks t second.Lata it T UM S Ses S second (or hour).______ sec. (or hr.)
Horep=iiiy o2 F weight of one kilogram____ kg weight of one pound.____| 1b.
Powerl i Sua V2] ey oY SRE A AR SR VTN (R A B < horsepower. - —Ji____.. hp
S Jeiflaect o e R e Sty k. po It gl i e U m. p. h.

P T e s BT 2 §E N lanias, 1500 0 2 I (¢ 4 B4 (- (ot O Lob i N0 O SRIGIE 2 f. pi8;

*2. GENERAL SYMBOLS, ETC.

W, Weight=mg
g, Standard acceleration of gravity =9.80665
m/s?=32.1740 ft./sec.?

m, Mass= %/

p, Density (mass per unit volume).

Standard density of dry air, 0.12497 (kg-m™
s?) at 15° C. and 760 mm=0.002378
(Ib.-ft.~* sec.?).

Specific weight of ‘standard” air, 1.225:
kg/m®=0.07651 1b./ft.2.

mk?, Moment of inertia (indicate axis of the
radius of gyration k, by proper sub-

seript).
S, Area.
Sw», Wing area, ete.
G, Gap.
b, Span.
¢ "2 €hordy

b* :
3’ Aspect ratio.

g,  Coeflicient of viscosity.

3. AERODYNAMICAL SYMBOLS

V, True air speed.

¢, Dynamic (or impact) pressure=15 p V2.

L, Lift, absolute coeflicient Cp,= -

78
D, Drag, absolute coefficient CD=§—;
D,, Profile drag, absolute coeflicient Cuo=%
D,, Induced drag, absolute coefficient C’D,=qp_—i
D,, Parasite drag, absolute coefficient Cp = %
¢, Cross-wind force, absolute coefficient
(8]
Cc—&g

R, Resultant force.

10, Angle of setting of wings (relative to

: thrust line).

1, Angle of stabilizer setting (relative to
thrust line).

@, Resultant moment,
Q, * Resultant angular velocity.

-

p%l,l{eynolds Number, where ! is a linear

dimension. ]

e. g., for a model airfoil 3 in. chord, 100
mi./hr. normal pressure, at 15° C., the
corresponding number is 234,000;

or for a model of 10 em chord 40 m/s,
the corresponding number is 274,000.

C,, Center of pressure coefficient (ratio of
distance of c. p. from leading edge to
chord length).

a, Angle of attack.

¢, Angle of downwash.

a,, Angle of attack, infinite aspect ratio.

a;,  Angle of attack, induced.

a,, Angle of attack; absolute.

(Measured from zero lift position.)
v Flight path angle.
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A METHOD FOR COMPUTING LEADING-EDGE LOADS

By Ricuarp V. Ruope and HENry A. PEARSON

SUMMARY

In this report a formula is developed that enables the
determination of the proper design load for the portion of
the wing forward of the front spar.  The formula is inher-
ently rational in concept, as il takes into account the
most vmportant variables thal affect the leading-edge load,
although theoretical rigor has been sacrificed for simplicity

INTRODUCTION

Recent failures of the leading-edge structures of
some airplanes at high angles of attack and in nose
dives have indicated the necessity for a revision of the
specifications for the design of the leading edge of the
wing. (See figs. 1 and 2.) While the present Army and
Navy design rules (references 1 and 2) furnish a fairly

FIGURE 1.—Leading-edge failure that occurred in a fast dive

and ease of application. Some empirical corrections,
based on pressure distribuiion measurements on the
“PW=-9" and “M-3"" airplanes, have been introduced to
provide properly for biplanes.

Results from the formula check experimental values in
a variety of cases with good accuracy in the critical load-
ang conditions. The use of the method for design purposes
18 therefore felt to be justified and is recommended.

good criterion for the strength of the leading-edge struc-
ture in the high angle of attack condition, the entirely
arbitrary provision for the nose-dive condition is
inadequate in many cases. The Aeronautics Branch of
the Department of Commerce has no rule for either case.

The National Advisory Committee for Aeronautics
is now in a favorable position to study problems of this
nature, making use of pressure-distrubution data from

3
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flight tests and from tests at hich Reynolds Numbersin |

the variable-density wind tunnel which have been accu-
mulated over a period of years.

[t is, therefore, the purpose of this paper to develop
and to present a more satisfactory rule for the practical
determination of leading-edge design loads than has
heretofore existed.

The development of the formula involves, basically,
theoretical considerations set forth in reference 3,
although, in keeping with the interests of the practical
designer, liberties have been taken with the rigorous
theory to simplify the result as much as possible con-
sistent with reasonable accuracy. Also, although the
formula gives fair results for any condition of flight,

FIGURE 2.—Result of leading-edge failure.

it has been adjusted to give the best accuracy in the
critical loading conditions.

The principal result sought has been the value of the
shear at the forward face of the front spar. Thus, the
formula is developed to obtain this result and does not
include provisions for the rational determination of the
moment. An examination of pressure diagrams, how-
ever, indicates that the centroid of the diagram area
forward of the front spar, whatever the spar location,
is confined within fairly narrow limits in terms of per-
centage of spar distance from the leading edge for all
airfoils. Empirical rules for the location of the center
of gravity of the leading-edge load are, therefore,
derived from which a static test may be devised to give
a reasonably correct value of the moment as well as the
shear at the critical section.

|
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DERIVATION OF THE FORMULA

In reference 3, Theodorsen shows that the total load
on a wing section may be considered as the sum of a
“basic”’ load, which is a function only of the shape of
the mean camber line, and an additional load, which is
a function of the angle of attack measured with respect
to the “ideal” angle at which the basic load occurs and,
to a minor extent, a function of the nose curvature.
He shows, further, that the distribution of the basic
load is a function of the mean camber, and that the dis-
tribution of the additional load is the same for any air-
foil except for a narrow region near the leading edge
where it becomes dependent upon the radius of the nose.

Figure 3 illustrates these points.

Air entering at the opening of the seam burst the fabric

Neglecting the minor variations at the nose, we may
write, with only small error, for the whole wing section.

(’.\";(Y]; }‘[\: (a—a,) (1)

where, Cy—total load coeflicient

(z—basic load coefficient at «;

K—constant additional load per radian

a—nominal or geometric

(radians)

a—ideal angle of attack
For the present purpose it is of interest to examine the
portion of the load forward of the front spar location,
which is usually anywhere from 8 to 15 per cent of the
chord. Equation (1) may be modified as follows:

angle of attack

Cs=k Cz +K’ (a—ar) (2)




where, (s is the load coefficient forward of front spar
J face and k& and K’ are appropriate constants.

“ Equation (2) is in such a form that the leading-edge
| load is given as a fraction of the total load on the sec-
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a;°=6.23 (y1—ys) +0.47 (y2—ys)

where ¥, ¥, ¥s, and y; are the ordinates of the mean
camber line, as fractions of the chord, with respect

{ tion. The use of the function (a— ;) restricts the | to a line joining the extremities of the mean camber
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F1GURE 3.~Pressure distribution above and below the ‘“ideal” angle of attack

for a practical case, the induced angle of attack a;
would have to be determined and subtracted from a.
Further, a; would have to be determined from the
Gauss solution of Theodorsen’s expression, viz:

application of the formula to two-dimensional flow, and, 1

line, at stations x,=0.00542 ¢, r,=0.125¢, x;=0.874
¢, and z;=0.995 c.

The formula may be simplified and its use facilitated
by the substitution of a function of Cy for (a—ay).

Referring to Figure 4,
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(a—ay)= Cn=0p
2 ACy
Aa
)
where, [Z&N: 5:5 3

Substituting in equation (2), the following expression
is obtained:

Cs=k Oy + 1 (2=C) 3)

5.5

At this point it is necessary to determine k£, 'z, and

K’. 1t has been pointed out that the distribution of

the additional load which arises as a result of any depar-

ture from «; is constant. The value of K’, therefore,

depends only upon the spar location, and graphical

integration of the additional load-curve area forward of

0 o

Ficure 4.—Relation between Cy and Cp

any particular front spar face yields the desired result.
'y is a function of the mean camber line and varies
from zero for symmetrical sections to finite positive
quantities for cambered airfoils. It may be considered
negative for inverted sections. While its value may be
determined precisely only by means of pressure meas-
urements at the ideal angle of attack or by Theodor-
sen’s expression, an approximation is sufficient for the
present purpose. It may be said here, in justification
of this step, that the ideal angle of attack is the angle
at which the flow enters the leading edge smoothly,
corresponding to the Kutta condition for smooth flow
at the trailing edge. The basic load on the forward
portion of the section is therefore small compared to
the additional load imposed when the airfoil is at the
angle of attack of maximum lift, one of the critical
loading conditions for the leading edge. The same
argument applies for the other critical condition, that
of nose dive, in which, for commonly used airfoils, the
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value of @ —a;is also large. The argument does not
apply to airfoils with very low camber near zero lift,
but in such cases the total loads are small and of little
interest. It is, therefore, assumed, for the sake of sim-
plicity, that the value of Cp is a function only of the
general shape of the median line and of the maximum
mean camber (measured always with respect to the
chord of the mean camber line), and that the value of
~ k, which is the portion of the basic load forward of the
| spar, is a function only of spar location for airfoils of the
same general shape. To obtain working values of Cy
and £, curves have been drawn through theoretically
derived values for several airfoils of conventional and
reflex form with various cambers and, in the case of £,
for several spar locations.

=30,

o e |

A 1 [ |

1
0 5 /0 /5 20
Location of forward foce of front spar 1n % of choraj (=)

FicurE 5.—K; against spar location

Before the formula is put in its final form, the normal
discrepancy between theoretical and experimental re-
sults must be taken into account. This discrepancy
arises largely as a result of skin friction and is evidenced
by progressively increasing pressure losses as the trail-
ing edge is approached. The effect is, therefore, to
shift the line of action of the experimental total load
forward of that for the theoretical load, which results
in an increase in the values of £ and K’. The multi-
plying factor for £ and K’ was found, by a method of
averages, to be 1.17.

The formula may now be written

03:1.17(k— %)0,& 1'175'{5{7704” (4)
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The result 1s further condensed to
0s= (‘“1{10'3+ KZON) (5)

which is the final and useful form, giving what may be
termed the ‘“leading-edge shear coeflicient,” or the
leading-edge load per unit chord, per unit span, per
unit ¢. From this, substituting Cy, for Cy, the total
load per unit span is
we... = CskpV’
= (— K0+ KCr)e X %pV'?)

where ¢, p, and V have their usual significance.
Curves for K; and K, as functions of spar location
are given in Figures 5 and 6, respectively, and curves of

.6
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Locotion of forwaord face of front spor in
per cent of chord, (x)

F1GURE 6.—K against spar location

Cpagainst maximummean camber are given in Figure 7.
Figure 8 is included merely to show the manner in
which ¥y 18 measured.

COMPARISON OF RESULTS FROM FORMULA AND
FROM PRESSURE-DISTRIBUTION TESTS

For the purpose of checking the validity of the for-
mula by comparison with pressure-distribution dia-
grams, only those diagrams which were obtained from
the variable-density wind tunnel at high Reynolds
Numbers (reference 4) and from flight tests are used.
While a vast quantity of pressure-distribution data
from other sources is available, they have shown such
inconsistency among themselves and with variable-
density wind tunnel and flight results that it is
believed advisable to avoid confusion, and possibly

misleading conclusions, by the elimination of them
from consideration altogether.

A comparison of the calculated shear coefficients Cs
with experimental values obtained from tests on mono-
plane airfoils in the variable-density tunnel is given in
Table I. It will be noted that the agreement is good at
high angles of attack for the variety of airfoils and spar
locations given, the maximum difference being 12.9 per
cent in the case of the N. A. C. A. 84-J airfoil with spar
location at 20 per cent chord.

At lift coefficients of zero or slichtly below, represent-
ing the nose-dive condition, the agreement is quite good
at all spar locations for the R. A. F. 30 and N. A. C. A.
84 airfoils. Larger errors, however, are apparent for

/1.0

PA /
For a//ofhers\)// /

A5 // /
: A2
} ViR
i Ve
| va.

~-For reflexed airfoils
2 /

/

0 2 4 13 8
Ynmox i1 per cent chord

FI1GURrE 7.—Relation of Cp to maximum mean camber

/ L Yme

TN 3

FIGURE 8.—Maximum mean camber, ¥max of the Clark Y airfoil

the M—6, Clark Y, and 84-J. There are several rea-
sons for this apparent decrease in accuracy. First,
differential normal pressures are less at the nose near
zero lift than at maximum lift when the air speed is
maintained constant. This condition results in larger
percentage experimental errors at the low angles of
attack, since small pressures are more difficult to meas-
ure with accuracy than large pressures. Second, the
peculiar shape of the pressure diagram for lift coeffi-
cients near zero is of itself a cause for greater experi-
mental error. Slight inaccuracies in locating pressure
orifices result in large percentage errors in the leading-
edge shear coefficient since the pressure gradient along
the chord near normal front-spar locations is extremely
steep. This source of error is an important considera-
tion when using test data from small models. In
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addition, since the leading-edge part of the pressure
diagram is roughly a narrow triangle in shape (see fig.
3), much depends upon the proper location of orifices
and upon accurate measurement at a pressure station
near the apex of the “triangle.”” Such causes as the
above could easily explain most of the apparent 20 per
cent error in the results on the Clark Y.

In the case of the M—6 another source of error exists.
Because this airfoil has such a low camber, the value of
o — a; is small near zero lift; thus the basic load, which
in the formula is only approximated, largely predomi-
nates. In fact, it may be expected that, as a—az
approaches such a value that the difference between
the “basic” pressures and the ‘“additional” pressures
near the nose approach zero, percentage errors will
become infinitely great. These errors, however, have
no practical significance. It is to be noted, in this con-
nection, that the nose-dive shear coefficients for the
M6 are quite small compared with those for the other
airfoils, excepting the symmetrical R. A. F. 30 section.

The greatest errors occur in the case of the N. A. C.
A. 84-J airfoil slightly below zero lift. Pressure dia-
orams for this condition, showing definitely that the
lower surface has stalled, indicate that these errors are
almost entirely a result of the abnormal shape, or mean
camber, of the section. It will be noted that the error
is almost entirely eliminated if the concavity in the
lower surface is removed to prevent this stalling; e. g.,
it will be noted that the error is small in the case of the
N. A. C. A. 84, which is simply the 84—J with the con-
cave lower surface replaced by a flat lower surface.

In view of the above discussion, the accuracy of the
results obtained with the formula applied to mono-
planes is considered reasonably good. It is to be
doubted that better results could have been obtained
without greater precision in test measurements and
appreciably greater complications in the method or
formula.

In Table II results obtained with the formula are
compared with experimental results obtained in flight
on the M-3 and PW-9 airplanes having the Clark Y
and Gottingen 436 sections, respectively. The test
data represented in this table are of an appreciably
higher order of accuracy than those in Table I, having
been recently obtained after improvements in test
methods were effected. The maximum error on the
Clark Y in this table is — 11 per cent, an amount which
is not greater than might be expected as a result of the
biplane arrangement. The upper wing in this case is
alone represented.

The error on the upper wing of the PW=-9 airplane is
about the same in magnitude and of the same sign as
the error on the M-3 upper wing in the high angle of
attack condition. In the nose-dive condition on the
PW=-9 lower wing, however, the error is consistently
high, averaging about 30 per cent, while on the upper
wing in this condition the error is negligible.

EFFECT OF BIPLANE ARRANGEMENT

No attempt is made here to include rationally the
effects of superposed wings as in biplane combinations.
The character of these effects should, however, be
understood and some provision made for them in the
design.

One airfoil mounted beneath another airfoil may be
considered to have two effects on the latter. First, by
virtue of its downwash at positive values of lift, the
lower wing causes the upper wing to operate at an
effective angle of attack which is smaller than that at
which it would operate as a monoplane. This
effect does not influence appreciably the shape of the
pressure diagram. Second, by virtue of the camber
of the upper surface of the lower wing, the streamlines
are curved even at an appreciable distance from the
wing, a phenomenon which results in a decrease in the
effective camber of the upper wing. This effect causes
a small forward shift of the center of pressure on the up-
per wing at high angles of attack and an increase in the
leading-edge load. Thus, it is to be expected that the
formula for leading-edge loads will give low values for
the upper wing at high angles of attack. On the M-3
and PW-9 airplanes (Table 11) the result is 11 per cent
too low. Most of this error, however, may be experi-
mental error and error from the formula. In view of
this and the reasonably small magnitude of the error,
it is not considered necessary nor advisable to make any
correction for the upper wing at high angles of attack.

The effect of the upper wing on the lower is likewise
small at the high angles of attack.

At or near zero lift the effect of the curvature of the
streamlines appears to be small on the upper wings of
both the M-3 and PW-9. On the PW-9 lower wing,
however, the effect appears to be quite pronounced, as
has been previously shown. A number of careful
tests near zero lift on this airplane all bear out the fact
that the shear coefficient on the lower wing is about
30 per cent greater than that on the upper wing or that
obtained from the formula. It is interesting to recall,
in this connection, that the leading-edge failure on a
recently built diving bomber occurred on the lower
wing in a dive. (Figs. 1 and 2.) This evidence, with
the results of the PW-9 tests, indicates that the
requirements for the lower wing of a biplane in the
nose-dive condition should be increased over those
for the upper wing or the monoplane. On the basis of
the PW-9 tests, it is suggested that this increase should
be 30 per cent in some cases. Since the effect is prob-
ably caused by an induced change in camber resulting
from curved air flow, it is more logical to include the
effect in the formula by increasing the value of Cp
rather than by increasing the final result arbitrarily by
30 per cent. From the PW=-9 tests it appears that the
value of Oy should be increased 40 per cent for the
biplane lower wing in the nose-dive condition. This
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correction is recommended for general use until more
information is available.

USE OF THE FORMULA

In any design, the strength of the leading edge should
be investigated for the two critical conditions, (a) high
angle of attack, and (b) nose dive. Experience, as well
as analysis, has shown that no other condition need be
considered and that in some cases, such as designs
making use of symmetrical or nearly symmetrical air-
foils and designs of large airplanes that are never dived,
the high angle of attack condition only is of interest.
To make use of the formula for these conditions, the
leading-edge shear coefficient €5, and the dynamic
pressure % pV? must be known. (s, as has been shown,
is a function of the shape of the airfoil and of the value
of Cy corresponding to the condition being inves-
tigated. In a given design, with the airfoil and spar
locations known, the constants K, K,, and Cp are
readily determined from the curves given in Figures
5, 6, and 7. It is necessary to determine the values
of Cy and ¥%pV? that will make the strength of the
leading edge consistent with the strength of the rest of
the wing structure. This may be done as follows:

Case I—High angle of attack.—The primary wing
structure is designed to fail in a condition correspond-
ing to maximum Cy with a certain specified load factor.
From the general lift equation, this is equivalent to
saying,

nW=Cupo, SX% po Vi
where, nWW—rthe load at failure
n—nhigh angle of attack load factor
W—weight
S—wing area
po—standard sea-level density
Vi—the indicated speed at which, with Cy
the equation is satisfied
This speed V; is the speed to use in the leading-edge
formula for the high angle of attack condition, and
Cypax the proper value of Cy. It is not essential that
Cymax be determined with great precision, as any errors
introduced in the shear coefficient will be approxi-
mately compensated by errors of opposite sense in
Vi#, with a resultant small error in the total leading-
edge load. A representative problem, using the Clark
Y airfoil, has indicated that Cy,_, may be in error by
as much as 25 per cent and cause only a 5 per cent
error in the total leading-edge load.

In the case of biplanes, proper account should be
taken of the relative wing-loading ratio. The above
discussion of Cy,_ _applies strictly only to monoplanes.
It applies to biplanes when Cly, . is considered as that
for the cellule and is used to determine V2. The mean
lift coefficient for the biplane cellule should not be used
in the formula to determine the leading-edge load for
either upper or lower wings without correcting for the
relative wing-loading ratio. This may be done by

max’

means of the following simple expressions, the wing-
loading ratio being assumed known:
Ly+Ly=Wn
or,
Ly=Wn—1L,
where, L,—Ilift on upper wing
L—Ilift on lower wing
W—gross weight
n—H. A. A. load factor
A]SO,
Cy (upper) L, S, _Wn— L,X S;

Bepiiowey Lo T, 5

Solve the above equation for L, Then,

ON (10W01') = %* PT)%’{ITS‘[

and Cy (upper) =R X Oy (lower) where V?is the value
found using the cellule Cy_ . and the high angle of
attack load factor.

As in the case of the monoplane, the biplane-wing
lift coefficients found by the above method may not be
true values, since they depend on V?, which itself has
been found from an approximate cellule Cy_ . How-
ever, this makes no practical difference, any errors
resulting in the shear coefficient being compensated by
an error of opposite sense in V2 to give a substantially
correct leading-edge design load.

The above biplane correction has nothing to do with
the biplane corrections to the shear coefficient discussed
in the preceding sections and is used merely to deter-
mine the proper values of Cy for the individual wings.

Corrections to allow for the variation of Cy along the
span are not believed to be advisable in view of the
added complication which would be involved.

Case II—Nose dive.—In the nose-dive condition,
the terminal velocity or the limited diving speed should
be determined. The value of Cy may be found by a
solution of the conditions of static equilibrium for the
case under consideration. It is suggested that, for the
terminal-velocity dive, allowance be made for the possi-
bility of encountering gusts and for slight inadvertent
motions of the controls which may result in negative
lift coefficients. This provision is important because
the variation of leading-edge load with angle of attack
near zero lift is extremely rapid, the load increasing
greatly with small negative increments of lift coeffi-
cient. So little is known about atmospheric conditions
that it is difficult to establish a criterion for the de-
termination of the proper negative lift coefficients on
the basis of gusts. An examination of pilot-balloon
data taken at Langley Field over a period of three
months indicates that variations in horizontal wind
velocities may be assumed as 15 feet per second, which
would result in negative lift coefficients of from —0.15
to —0.26 in the average case, depending on the termi-
nal velocity. Other evidence exists which indicates
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that a value of 15 feet per second is not too conserva-
tive. In addition to the possibilities of encountering
custs, there is also the fact that wings twist in dives
under the heavy torsional moments experienced with
the common wing sections. This influence may result
in negative lift coefficients at the outer portion of the
wing, even when the total lift coefficient is positive.
Since this effect increases with speed, it is probably
better to assume a constant negative lift coefficient for
all cases instead of one which would vary approxi-
mately inversely with the speed if a standard gust
were used as a basis. Until more is known about
conditions in the dive, it is felt that a value of Cy
not less than —0.2 should be used in the nose-dive
analysis.

The correction for relative wing-loading ratio is not
to be used for the nose-dive analysis, but the 40 per
cent increase in Oy for the lower wings of biplanes, as
recommended in the preceding section, should not be

forgotten.
TYPICAL PROBLEM

Given:

Arp] ane SESEEEEENS U, Biplane pursuit
Weioh i Ssessec = ehe 75 2,720 pounds
Arest(Uppen) oot S us s 184 square feet
Area (lower)___________ 88 square feet
Area (total)___________ 272 square feet
Mean chord (upper)__._ 5.75 feet
Mean chord (lower) ___ 4.00 feet

Airfoil : Clark Y

(Ymax = 3.60 per cent; see fig. 6.)

Hi A AN load factonnae = = 12

Spar-face location z________ 10 per cent chord

Relative wing-load ratio. 1.2

Terminal velocity_ _________ 280 m. p. h. (410

f. p. s.) assumed
Required:

Shear at spar face on both upper and lower |

wings in
() H. A. A. condition
(b) N. D. condition

Solution:
Clonstants:
K;=0.223
Kz 0 36(
CB =0.525
High angle of attack condition:
COymax(cellule) = 1.4 (assumed)
2nW
Tl = ity TR
Li % 1.48})0
2X 12X 2,720
ot ) =79 2
14X 272 %0.002378 /2100 (£ p- )
_wW=L S
R Ll Su
()
or L2 2,020 =0,300 pounds

nW
P ES) (k)

9,300 9,300
U 1.
Cvi= 37, V25, 85,7 %88 123

and, Oy, =1.2%1.23=1.48.
Thus, for the upper wing:
wie. = (— KiCs +KaiCy) 5 Ve

= (—0.223 X0.525 +0 M

X 72,100 X 5.75

=210 pounds per foot span, or

.367 X 1.48)

210 .
01%575 =365 pounds per square foot average.

For the lower wing:

Wie = (—0.223 X 0.525 +0.367 X 1. 9‘3)000 2578

X 72,100 X 4
=118 pounds per foot span, or
118
0.1X4
The preceding values are the total design loads.
Nose dive condition:

=295 pounds per square foot average.

K;=0:223
Ko — ().3(37} as before
@ =01525
Cy, = —0.200
O = _0'200] assumed for N. D.

Op (corrected for lower wing) =1.4%0.525=0.735
Thus, for the upper wing:

Wye. = (—0.223 X 0.525—0.367 X 0. 900)0 00 378

X (410)2X 5.75
=219 pounds per foot span.

For the lower wing:
0.002378
D)

4

Wy, = (—0.223X0.735—0.367 X 0.200)

X (410)2X 4
=190 pounds per foot span.

The above values are the total applied loads. The

design load is obtained by multiplying by a factor of

safety, say 2, which gives a result of 438 pounds per
foot for the upper wing and 380 pounds per foot for the

. lower wing.

It will be noted that it was not necessary to multiply
the high angle-of-attack results by two, since the factor
of safety was taken into account by using the design
load factor in the determination of V;2.. The same
result would have been obtained by calculating V;* on
the basis of the expected maximum applied load factor
or n/2 (in this case, 6) and multiplying the final result
by the factor of safety, 2

APPLICATION IN STATIC TESTS

It is desirable, in static tests of the leading edge, to
use a rectangular load distribution. Such a distribu-
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tion is permissible if the stresses imposed at the critical
section in flicht can be well represented in this way. If
the rectangular load distribution is to be used, the
moment at the critical section (always the forward face
of the spar) must, in addition to the shear, be approxi-
mately correct.

No attempt has been made here to rationalize the
determination of the moment of the leading-edge load
about the face of the spar, since an empirical solution
is believed to be within the limits of precision of prac-
tical static tests. It has been found, from an examina-
tion of a large number of pressure diagrams, that the
location of the centroid of the part of the area forward
of the front spar is, on the average, at 45 per cent of the
spar location (0.45 z) in the high angle of attack condi-
tion, and at 35 per cent (0.35 z) in the nose-dive
condition. The relative position varies slichtly with
different spar locations and with different airfoils, but
within the usual range the variation amounts to not
more than three-fourths of 1 per cent of the total chord
or only a small fraction of an inch for the ordinary
airplane.

Static tests may, therefore, be made using a rec-
tangular load distribution, the center of gravity of the
load being at,

0.45z for H. A. A.
0.35 x for N. D.

LANGLEY MEMORIAL AERONAUTICAL LLABORATORY,
NATIONAL ApVISORY COMMITTEE FOR AERONAUTICS,
LancLey Fiewp, VaA., January 16, 1931.
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Navy

Maximum mean camber=0%, ¢; Cp=0

LEADING-EDGE LOADS

TABLE I

COMPARISON OF SHEAR COEFFICIENTS FROM
FORMULA AND FROM PRESSURE-DISTRIBUTION
TESTS IN THE VARIABLE-DENSITY TUNNEL

R. A. F-30 AIRFOIL

11

% Cs
Spar K, o
4 1 K>
182‘; CL (from | (from | Eror,or, Remarks
(%¢) curve) | curve) | Com- | Experi- /0
Ze puted | mental
[
+1.20 | 0.162 | 0.222 [ 0.266 0. 253 5.1 [ H. A. A. condition.
=+. 95 . 162 . 222 .211 . 224 —5.8
5 =+. 76 . 162 . 222 . 169 . 176 —4.0
== 87 . 162 . 222 127 117 8.5
=+ 34 . 162 . 222 i 0755 | . 074 | 2.0
=+1.20 . 223 . 361 l . 433 . 443 —2.3 | H. A. A, condition.
=+. 95 . 223 . 361 . 343 . 376 =88
10| =76 .223 . 361 . 274 . 204 —6.8
=+.57 . 223 . 361 . 206 . 204 1.0
+. 34 . 223 . 361 .123 | .129 — L
— ‘. —
1. 20 .477 572 .589 | —=2.9 | H.A.A.condition. |
=+.95 477 . 453 486 | —6.8
15 | =76 AT7 .363 | .385 | —b.7
==57 477 272 264 3.0
+. 34 .477 162 ’ 171 —5.3
|
i s 7\
=+1.20 . 236 . 571 .685 | 702 —2.4 | H. A. A. condition. ‘
+.95| .236 . 571 . 543 . S77 —5.9 |
20 +.76 | .236 L5671 434 ‘ . 453 —4.2 ‘
=+.57 | 236 . 571 326 . 315 3.5
‘ =+. 34 | 236 . 571 194 208 | —6.7 ’
I |
N. A. C. A. M-6 AIRFOIL
Maximum mean camber=2.215% ¢; Cz=0.226
\ Cs |
Span K, K |
‘ lt%ir‘l C. | (from | (from Error, Remarks
[ 0 curve) | curve) | Com- | Experi- 78
| N0 | puted | mental |
by ‘ i S
1.08 | 0.149 | 0.222 | 0.206 0.191 7.9 e
s| Lo 0| "3 | %3 | %38 | %0 [}B- A A. condition.
—.10 L149 | 222 | —. 0559 | —. 0639 | —12.5 | Approximately N.
]\ D. condition.
1.08 .192 . 361 ‘ . 347 . 337 3.0 . e
10| 1.05| .192| .361| .336 .345 | —2.6 }H' 4 $a condition.
—. 10 <192 . 361 " —. 0795 | —. 0808 [ —1.6 | Approximately N.
| | D. condition.
1.08 .192 .472 . 448 5.4 : g
15| 1.05| .192 | e | e | (EEESRES g g Llon:
—.10 .192 —.0911 | —. 0833 9.4 | Approximately N.
D. condition.
1.08 167 | .571| .579 . 541 7.0 o~
20| 1.05| .167| .571| .562 | 550 §5 [l . oondisiony
10 . 167 .871 | —.0948 | —. 0782 21.2 | Approximately N.
D. condition.
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TABLE I—Continued

COMPARISON OF SHEAR COEFFICIENTS FROM
FORMULA AND FROM PRESSURE-DISTRIBUTION

TESTS IN THE VARIABLE-DENSITY TUNNEL—Con.

CLARK Y AIRFOIL

Maximum mean camber=3.6%¢; Cp= 0.525

Spar ‘ Cs
: K K '
loca-| ¢y | (from | (from b Remarks
tion curve) | curve) | Com- | Experi- °
(%) puted | mental
1.49 | 0.162 | 0.222 | 0.246 0. 247 —0.4 } P
Las| .162| .o222| .235 | .200 | 124 [fH.A. A condition.
.02 . 162 .222 | —. 0805 [ —. 0799 .8 A%)}r)troxlmate Zero
ift.
—.19 . 162 .222 | —.127 [ —.103 23.3 | ApproximateN.D.
| condition.
1.49 . 223 . 361 .421 L4334 —3.0 Y P
Laa| com| | cds | e | SEsfma S condhion
10 .02 . 223 .861 | =.110 | —.120 —8.3 Ag]r)tronmate Zero
ift.
—.19 223 361 | —. 186 | —.153 21.6 | Approximate N.D.
condition.
¢ | 477 .589 | —L7 i
}: :Z 3%..:. " 500 i EI) }II. A. A. condition.
.02 LATT —. 137 —10.2 | Approximate zero
15 lift.
.19 262§ .477| —.223 | —.190 | 17.4 Approximate N. D. |
condition. !
B = . il L
149/ 238 .em|l .mm | .78 | .6 Rl
|l ol Samn[|F el iiger T i [RLb o canaRion,
| 20 .02 . 236 671 | —.112 | —.140 | —20.0 ;\{)})roxmlate Zero
| ift.
1 —. 19 .236 | .571( —.232 | —.224 | 3.6 | Approximate N. D.
“ | condition.
N. A. C. A. 84 AIRFOIL
Maximum mean camber=>5.25% ¢; Cp=0.762
. | Cs
Spar K K
It".('“' 8/ (from | (from | | E r;;or, Remarks
On curve) | curve) | Com- | Experi- 0
(%c) ‘ puted | mental
3 f— ——
1. 51 0. 162 0. 222 0.212 0.216 —1.9 A i
37| “165| Com| Cam| “Tee "8 [JEL A. A. condition.
5 0 .162 . 222 —. 123 —. 120 2.5 | Zero lift.
—. 19 . 162 .222 | —.166 | —.159 4.4 | Approximate N. D.
condition.
| 20w =
1.51 . 223 . 361 . 375 .396 1 —5.3 .
13l S ogs S Sger (S Ta0s i isse L =318 i o adon
10 0 | .223 . 361 —. 170 =181 —6.1 | Zero lift.
=19 . 223 . 361 —. 239 —. 239 | 0 Approximate N. D.
| condition.
- - am ey |
| 1. 51 . 252 LATT . 528 ‘ . 539 —2.0 o
‘ 1.37 952 477 " 462 ihel iy }H. A. A. condition.
} 15 0 . 262 . 477 —. 192 —. 206 —6.8 | Zero lift.
[ =19 . 252 AT =283 =.284 —.4 | Approximate N. D,
‘ condition.
B s ey
1.51 . 236 . 571 . 682 . 669 1.9 P
1.37| .236| .571| 602 l 585 | 2.9 }H A. A. condition.
20 0 . 236 L 671 —. 180 —.214 | —15.9 | Zero lift,
—.19 . 236 .671 | —.289 —310 | —6.8 | Approximate N. D,
| condition.

TABLE I—Continued

COMPARISON OF SHEAR COEFFICIENTS FROM
FORMULA AND FROM PRESSURE-DISTRIBUTIOM
TESTS IN THE VARIABLE-DENSITY TUNNEL—Con.

N. A. C. A. 84-J AIRFOIL

Maximum mean camber=7.3% ¢; Cp=0.97

Spar K K Cs
Q. 1 2 e )
ltoigz; Cr | (from | (from |~ on e Fx;;;)r, Remarks
(%c¢) curve) | curve) | puted | mental
172 0.162| 0.222| 0.225| o0.230| —22 L3
5| 1.63| .162| .222| 205 .18| 9.0 . A coRERR
) 162 | 222 | —l1s7| —.163 | —8.7 | Zerolit.
—.16 .162 .222 [ —.193 | —.121 59.5 Appr%g};x.nate N B
condition.
1.72| .228| .361| .405| .410| —-1.2 ; 28
sollnteal | ooyl 38| IER domt | v | RS }H' Sl ntit
0 223 | 1361 | —.216 | —.242 | —10.7 | Zero lift.
—.16 223 361 —.274 | —.206 33.0 Apprgtgél'nate N.D.
condaition.
o ser gl L
1721 .252| .amr| .swe| .sea| 21 ] o
| 15| 163| l252| 47| 53| 4| @2 i 08 lconC IO
[ o .252 | 477 | —.244 | —.286 | —14.7 | Zero lLift.
| —.16 . 252 AT =321 |8 =256 25.4 Appr(()ix_{{nate N.D.
‘ | condition.
| 72| .26 .sm 83| .m3 | 5.6 L
o | Les| 2| lsmi| C‘mm| lem| 129 }H~ g o lanatinhz
<) 2236 | 571 | —.229 | —.810 | —26.1 | Zero lift.
—. 16 . 236 L5T1 —.320 | —.288 b | Approlx.il'nate N. D;
NI mel T N cond morri.i ol
TABLE II

COMPARISON OF LEADING-EDGE LOADS AS COM-
PEEGE}]I), TO THOSE LOADS OBTAINED IN ACTUAL
F u

CLARK Y AIRFOIL (UPPER WING DOUGLAS M-3)
Maximum mean camber 3.6% ¢; Cp=0.525; Chord 5.667 feet

Spar e

S iz | o =

]l‘;g:l' Cyp | (from | (from ‘?pge‘: (Com- | (Exper- Error, Remarks
%) | curve)| curve) puted) u:gﬁl)l.

1.533 | 0.191 | 0.285 | 107.6 26.3 29.6 | —11.0 | H. A. A. condi- ‘

tion.
7.2 | .0144 [ .191 [ .285 ( 128.0 10. 6 9.6 10.
—.2344 | .191  .285 | 122.5 16.9 16.0 5.

oo

GOTTINGEN 436 AIRF%% (§JPPER WING BOEING
=9

Maximum mean camber 3.55% ¢; Cp=0.515; Chord 5.42 feet

1.743 | 0.252 | 0.477 | 144 93.7 | 103.6 | —9.6 |
1, 649 .202 | .477 | 214 193.7 | 202.0 | —4.1 |
1.682 | .252 | .477 | 183 145.1 | 161.7 | —10.3 |}H. A. A. condi- |
1.810 | .252 | .477| 180 153.1 | 165.3 | —7.4 || tion. |
1.660 | .252 | .477 | 212 191.7 | 203.0| —5.6
15| .05664 | .252 | .477 | 360 —86.0 [ —73.2 17.5 | Approximate
zero lift.
|—.3466 | .2562 [ .477 | 211 —84.6 | —85.6 —1.2
|—.4313 | .252 | .477 | 207 | —92.8 | —92.8 0
|—.3668 | .252 | .477|205| —s82.6| —83.6| 1.2
|—.3795 | .252 | .477 (212 —90.1| —89.6 6
L0401 | .252 | .477 | 381 | —103.8 [—107.0 | —3.0 ‘

GOTTINGEN 436 AIRF(I)’IV{; (SLOWER WING BOEING
-9)

Maximum mean camb er 3.55% ¢; Cp=0.515; Chord 4.23 feet

’ 1208 10.2405 | 0.415 | 144 A
: 1194 | . “415 | 214 5.7 | 82| —17 .
‘ 1.257 | .2405 | .415 | 183 67.3 [ 70k [ —a g liHe A SEEEEEE
1 1.324 | .2405 | .415 | 180 69.3| 72.8| —4.8 o
‘ 1.207 | .2405 | .415 | 212 8.2 | 85.4| —.2
| L0403 | .2405 | .415 | 360 —69.8 |—117.0 | —40.3 | Approximate
| ‘ zero lift.
' —.314 |.2405 | .415| 211 | —56.9 | —76.0| —25.1
12.2 |—.358 | .2405 | .415 | 207 | —58.9 | —76.8 | —23.3
| —.201 |.2405 | .415| 205 | ‘—51.8 | —63.2 | —18.0
—.313 |.2405 | .415| 212 | —57.4 | —72.0 | —20.3
.0378 | .2405 | .415 | 366 | —72.8 —100.0 | —27.2
2087 | 2405 | 415|367 | —59.7 | —84.0 | —28.9
20007 | .2405 | .415 [ 370 | —57.2 | —81.2 | —20.6
.0013 | .2405 | (415 | 363 | —57.0 | —78.0 | —26.9
| (130 | 2405 | (415 | 361 | —45.9 | —66.5 | —31.0
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Positive directions of axes and angles (forces and moments) are shown by arrows

Axis Moment about axis Angle Velocities
Force
S (‘.:%a;?:lilsgl g Positi Desi g (Linear
: . ym- s . | Sym- ositive esigna- | Sym- | (compo-
Designation bol | 5 mbol | Designation bol direction tion bol |mnent along Angular
axis) 1
Longitudinal___| X X rolling_ ____ L Y— Z roll < ey 3 U P
Lateral _-___.._ b Y3 piteching____.| M Z— X pitéh_“a-g 0 v q
Nermal -1 722 Z Z yawing_____ N Ko Yo Syt Lo - ¥ w { i
|
Absolute coefficients of moment Angle of set of control surface (relative to neu-
pig L C oM o< N tral position), 6. (Indicate surface by proper
L gbS ™ geS » gbS subscript.)

4. PROPELLER SYMBOLS

D, Diameter. . ) DR
P05 Csnistrspitch: P, Power, absolute coefficient Cp'—p713 5

p/D, Pitch ratio. o 2B B
V', Inflow velocity. Cs, Speed power coefficient = P

Vi, Slipstream velocity. 7, Kfficiency.
Bk bl soafitent O _.'2[’__4 n, Revolutions per second, r. p. s.
pn*D ; : e sVe
®, Effective helix angle=tan™! <m>

), Torque, absolute coefficient OQ=;)7§D1

5. NUMERICAL RELATIONS

1" hp="76.04 ke/m/s =550 lb./ft./sec. 1 1b.=0.4535924277 kg.
1 kg/m/s=0.01315 hp 1 kg=2.2046224 1b.
1 mi./hr.=0.44704 m/s 1 mi.=1609.35 m = 5280 ft.

1 m/s=2.23693 mi./hr. ; 1 m=3.2808333 ft.




