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BOUNDARY-LAYER TRANSITION ON THE N.A.C.A. 0012 AND 23012
AIRFOILS IN THE 8-FOOT HIGH-SPEED WIND TUNNEL

By John V. Becker

SUMMARY

Determinations of boundary-layer transition on the
N.A.C.A. 0012 and 23012 airfoils were made in the 8~foot
high-speed wind tunnel over a range of Reynolds Numbers
from 1,600,000 to 16,800,000. The results are of partic-
ular significance as compared with flight tests and fegts
in wind tunnels of relatively high turbulence because of the
low turbulence in the high-speed tunnel.

A comparison of the results obtained on N.A.C.A. 0012
airfoils of 2-foot and 5-~foot chord a2t the same Reynolds
Number permitted an evaluation of the effect of compressi-
bility on transition. The local skin friction along the
surface of the N.A.C.,A, 0012 airfoil was measured at a
Reynolds Humber of 10,000,000.

For all the 1ift coefficients at which tests were
made, transition occurred in the region of estimated lam-
inar separation at the low Reynolds Numbers and approached
the point of minimum static pressure as a forward limit at
the high Reynolds Numbers. The effect of compressibility
on transition was slight. None of the usual parameters
describing the local conditions in the boundary layer near
the transition point served as an index for locating the
transition point. As a consequence of the lower turbulence
in the 8-foot high-speed tunnel, the transition points
occurred consistently farther back along the chord than
those measured in the N.A.C.A. full-scale tunael,

INTRODUCTION

The study of transition from laminar to turbulent
flow in the boundary layer of airfoils has recently been




stimulated by the discovery that extensive laminar layers
exist in flight over the forward portion of very smooth
wings (reference 1) % The drag of an airfoil depends on
the location of the point of transition from the low-drag
laninar type of flow to the high-drag turbulent condition;
and the prediction of drag from model tests therefore re-
quires that the transition point, both in the wind tunnel
and in flight, be known.

Most boundary-layer studies in the past have been re-
stricted to flat plates or to simple shapes such as spheres
and cylinders. (See references 2, 3, and 4,) The results
have been of value as applied to airfoils chiefly in in-
dicating the powerful effects on transition of wind=-tunncl
turbulence, surface roughness, and Reynolds Number. On
airfoils opcrating through a wide range of angles of at-
tack, the corresponding large change in static-pressure
distribution is also important in controlling the extent
of the laminar layer. For all airfoils, two general changes
in static-pressure distribution on the upper surface take
place as the angle of attack is increased: The point of
minimum static pressure moves forward and the adverse pres-—
sure gradient behind this point becomes more severe. Re~-
cent tests in the N.A.C.A. full-scale wind tunnel (refer- -
ence 5) showed that these factors cause the transition
point to move forward with incrcasing angle of attack.

Investigations of boundary-layer transition in the
N.A,C,A, 8-foot high-speed wind tunnel are significant
because of the relatively low turbulence of the air stream.
Sphere tests (reference 6) in thig wind tunnel have shown
approximately the saune critical Reynolds number as in free
air, However, more sensitive measurements made with hot—wire
apparatus have indicated that the turbulence level of the
8—foot high-speed wind tunnel, while low, is still somewhat
higher than in free air, The main purposes of the present
investigation were: to locate points of transition in this
wind tunnel on conventional, widely used airfoil sections as
a basis of comparison with results obtained in streams of
other turbulence; to obtain the effect of compressibility on
boundary-layer transition; and to determine the skin-friction
distribution at a high Reynolds Number as a basis for the
prediction of airfoll drag.

In order to permit comparison with the tests made in =
the N.A.C.A, full-scale tunnel, which has a turbulence
factor of 1.1 (reference 7), and with future flight tests,
the N.A.C.A, 0012 airfoil was used in the greater portion i
of the present investigation. Less extensive tests of the
N.A.C.A, 23012 airfoil were also made. By the use of
N.A,C.A, 0012 airfoils of 2-foot and 5-foot chord, a




Reynolds Number range of 1,600,000 to 16,800,000 was at-
tainable and, by a comparison of the results obtained on
thé two airfoils at the same Reynolds Number, the effect
of compressibility could be evaluated.

Because the prediction of airfoil drag demands a
knowledge of the skin friction for the laminar and the
turbulent types of flow as well as of the location of the
transition point, complete determinations were made of
boundary-layer velocity profiles at a Reynolds Number of
10,250,000 to allow computation of the local skin-friction
coefficicntse These coefficients are compared with the
approximations obtained by a suitable modification of the-
oretical flat-plate skin-friction coefficients,

Force measurements showing the drag increment due to
controlled forward movemant of the transition point were
also made and the results are eorrelated with those of
the skin-friction determinations.

This investigation was conducted during 1988.
APPARATUS AND' METHODS

The N.A.C.A. 8-foot high-speed wind tunnel ir which
the investigation was conducted is a single-return, closed-
throat, circular-section tunnel., The air speed is continu-
ously controllable from approximately 75 to more than 500
miles per hour.

he airfoils employed in the tests spanned the test
section of the tunnel (fig., 1). Two 5-foot-chord airfoils
of N.A.C.As 0012 and 23012 section were constructed of a
wooden framework covered with 1/8-inch aluminum plate ex-
cept for a short section at the leading edge, which was
covered with steel and left unpainted to prevent erosion
at high speeds. The aluminum~cowvered portion of the air-
foils was spray-painted and finished with fine~grade water
sandpaper until it was aerodynamically smooth. Close ex-
amination of the surface revcaled barely perceptible sur-
face waves at the lines of attachmont of the metal sheet
to the wooden formers, which could not be eliminated with
this type of construction. So that the effect of these
minute irregularities could bde evaluated, another 5-foot-
chord N.A.C.A. 0012 airfoil was built of solid wood; the
svrface of this airfoil could then be made aerodynamically
fair as well as aerodynemically smooth.




A 2-foot-chord N.A.C.A, 0012 airfoil was built of
solid duralumin. The surface of this airfoil was ideally
smooth and fair so that test results for it could be di-
rectly compared with those for the solid-wood 5~foot=chord
NLALCE AL 0012 adrfodl.

In the tests of the ¥.A.C.A. 0012 airfoils, veloci=-
ties were determined at four heights above the ailrfoll
surface chosen to permit a study of the velocity distri-
bution in the boundary layer., Four small total-pressure
tubes werc mounted together with a single static tube in
an arrangement similar to that described in reference 1l.
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The tubes used on the 5-foot-chord airfoils (fig. 2)
were of stainless steel, 0.,040-inch outside diemeter, with
a 0.003=inch wall thickness. Thec ends of the total-pres-
sure tubes were flattened to an outside dimension oo (0] {0kl
inch for a length of one-half inch from the opening. The
tubes were 2 inches long and were soldered into 1/16-inch
copper tubes, which extended back along the surface of the
airfoil to rubber tubing that was led along the trailing
edge to manometers. A hemispherical plug was inserted
into the end of the static tube and four 0,005-inch ‘holes, =
equally spaced around the circumfereance, were drilled in
the plane of the ends of the total-pressure tubes. The
five tubes were soldered together on top of two 1/8-inch-
nigh bridges to facilitate handling, adjustment of height,
and attachment to the airfoil.

A similar set of survey tubes (fig. 3), approximately
two—=fifths thc size of those used on the 5-foot—-chord air-
foil, was used for the tests on the 2-foot-chord airfoil.

The method of installing the tubes on the N.A.C.A.
0012 airfoils is shown in figure 1. Measurements were
made with the bank of survey tubes located at 5-percent-
chord intcrvals between 5 and 80 percent of the chord.
The entire installation was attached to the airfoil by
zummed cellulose tape covered with a thin coat of dope to
prevent raising at-the edges. In all the tests, the low-
cst tube was firmly sprung against the airfoil surface.
The heights of the other tubes were set approximately to
the dosired values by means of thickness gages and then
messured to the nearest 0.001 inch with a micrometer mi- ~-
croscope.

The complete boundary—-layer measurements required for

the skin-friction deter
G012 airfoil were made

mination of the 5_foot—chord N, A C,A,
by placing two banks of survey tubes
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at the same chord station and adjusting the eight total-
grelsuro tubes to include the full depth of the boundary
ayer,

Owing to the fact that the tubes were operating in a
vertical velocity gradient, the indicated dynamic pressure
was slightly higher than the true dynamic pressure at the
geometric center of the tubes. The effective height, cor-
responding to the indicated dynamic pressure, was obtained
from the results of refererce 8, which show that about 20
percent of the over-all height of the tube should be added
to the geometric height.

A simplified method of detecting transition was em-
ployed 'in .the tests of the N.A.C,A, 23012 airfoil. Only
the total pressure near the surface was measured by means
of single total-pressure tubes of .the siame dimensions as
those in the 4-tubc survey heads used on the 5-foot N.A,C,A.
0012 airfoil (fig. 2). Only one tube being requireéed at
each station, it was possible to install tubes at all 14
stations at the samc time., Care was taken %o space the
tubes . a sufficient distance apart along the span so that
the wake of one tube did not pass over the adjoining tubes.
The theoretical static-pressure distribution was used to
compute approximately the velocities corresponding to the
total-pressure readings.,

The effect of small surface irregularities in precip-
itating transition is well known. In the measurement of
the drag increment associated with conirolled movement of
the transition point on the 5-foot-chord N.A.C.A., 0012 air-
foil, transition was fixed at the desired chord station by
a linen string doped across the span on both surfaces. Two
sizes of string, 0,035 inch and 0.017 inch (outside dimen-
sions after doping), were found to be equally effective in
fixing the transition point. The same result was obtained
by spraying a 1/2-inch strip of 0,0037-inch carborundunm
grains across the span, transition being assumed to start
at the center of the strip.

TESTS

Determinations of boundary-layer transition on the
N.A.C.A, 0012 airfoils were made at air speeds ranging from
the minimum attainable, approximately 75 miles per hour,
to 445 miles per hour. The section 1ift coefficients at




which the airfoils were tested were -0.57, -0.16, O, 0.16,
0.33, and 0.65., Owing to structural limitations of the
5-foot-chord airfoil, the maximum allowable 1lift cocffi-
cient decreased as the air speed increased. Thus, at 445
miles per hour, only the zero-1lift condition could be
tested. There were no restrictions on the allowable 1ift
coefficient of the 2-foot-chord airfoil in the speed range
coverad in these tests. Most of the tests of the N.A.C.A.
0012 airfoils were made with the metal-covered 5-foot—chord
airfoil and the all-metal 2-foot-chord alrfold. The tests
of the solid-wood 5-foot-chord airfoil were made after the
main program had been completed and included only transi-
tion determinations at comparatively few test conditions.

The boundary-layer transition tests of the N.A.C,A.
53012 airfoil were made over a range of speeds of 80 to
445 miles per hour. The section 1lift coefficients, sub-
ject to the same restrictions as for the 5-foot-chord
N.A.C.A. 0012 airfoils, were O, 0.15, 0.30, and 0.65.

The boundary-layer momentum-loss determinations used
in computing the local skin friction on the 5-foot-chord
N.A.C.A. 0012 airfoil were made at zero lift at an air
speed of 230 miles per hour.

The drag of the metal-covered 5-foot-chord N.A.C.A.
0012 airfoil was measured for each of the following con-
ditions at speeds varying from 75 to 275 miles per hour:
With the 0,035-inch string on upper and lower surfaces at
the 2-, 5-, 10-, 15-, 20-, and 25-percent chord stations;
with the 0.0037-inch carborundum grains at the same sta-
tions; and with the 0.017-inch string on upper and lower
surfaces at the lO-percent chord station.

SYMBOLS
The symbols used in this report are defined as fol-

lows:

\f air speed (corrected for tunnel-wall constric-
tion effech ).

U, local velocity Jjust outside boundary layer.

4

bl local velocity in boundary layer.
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M,

airfoil chord.

distance measured from leading edge along chord
Pinel

distance measured normal to surface,

distance measured from forward stagnation puint
along surface. The relation between s and
x for the N.A,C.A. 0012 airfoil is shown in
table I.

boundary-layer thickness,
S -
displacement boundary-layer thickness L <1—-%> dy
o)

kinematic Viseositye.
coefficient of viscosity.
Reynolds Number (Ve/v).

local Reynolds Number (Usfv).

local Reynolds Number based on boundary=layer
thickness (Us/V).

local Reynolds Number based on displacement
boundary-layer thickness (Us*/v).

seetion- Lift coefficlient.
section profile-drag coefficient.
gsection skin-friction drag coefficicatb.

o

local skin-friction coefficicnt.

e : P - P - 2\
coefficient of static pressure < local stream \

q
dynamic pressure (1/2 p V®).

mass density of air.

momentum loss per unit span between boundary-
layer flow and a corresponding mass flow imme~




diately outside boundary layer

8
[\/ﬁ pu(U - u) 4y | .
: ]
0

N, thickness number (1/3 Rgx).

A, Pohlhausen's boundary-layer profile~velocity shape

8% au;
vV ds

parameter(

Subscripts:
T,- at transition point.

m, at point of minimum pressure.

RESULTS AND DISCUSSION

Reduction of Data

Velocity calculation.- The method of computing the
speed of flow in the N.A.C.A. 8-foot high-speed wind tunnel
is described in reference 9. In the computation of the
local velocities near the surface of the airfoils, the com-
pressible~flow form of Bernoulli's equation was used. The
local air density necessary for the calculations was ob~-
‘tained by assuming adiabatic expansion from the low=-speed
section of the tunnel where the air temperature is measured.
The usual assumption of constant static pressure throughout
the depth of the boundary layer was also madece.

Constriction effect.- The use of airfoils of large
size in comparison with the diameter of the wind tunnel re-~
sults in an air speed at the airfoil appreciably higher
than the speed that would exist if the flow were not re-
strained by the tunncl walls. The magnitude of this effect
was determincd by comparing the static pressures measured
on the NoA.C.A. 0012 airfoil with results obtained in the
full=scale tunnel and with potential-flow theory. For ex~-
ample, at an indicated tunnel air speed of 200 miles per
hour, the effective speed at the 5=~foot~chord airfoil is
205 miles per hour. The corrcsponding value for the 2-foot-
chord airfoil is 200.8 miles per hour. Throughout this re-




ports the .air-speed V has been taken as the effective
speed cobtaining with the airfoil in the tunnel; the dynamic
pressure used in reducing the force and the pressurce data
to coefficicnt form was bascd on this effective speed.

Transition

The transition points for the various lift coeffi-
cients were determined from curves similar to those shown
in figure 4, which may be taken as typical for both the
N.A.CvAes 0012 and 23012 airfoil sections., The transition
point is defined herein as the point at which the mean ve-
locity near the surface begins to show an abnormal increase
owing to the onset of turbulent flow., The region of in-
creasing mean velocity immediately following the transition
point is called the transition region.

It will be noticed that the curve for the value of
1lift coefficient of =0.57 has no well-defined position of
minimum velocity and that the behavior of the curve in the
region of increasing velocity is very irregular, The
transition point for this condition could not be determincd
except by a study of the shapes of the velocity-distribution
profiles, which showed a gradual transition over an extended
region,

Upper surfaces of N.A,C.A. 0012 airfoils.- The transi-
tion-point locations obtained on the 5-foot-chord metal=-
covered and solid-wood airfoils are shown together in fig-
ure 5 as a function of Reynolds Number for the various test
1ift coefficients. The slight waviness of the surface of
the metal~covered airfoil caused transition to occur some=
wvhat nearer the stagnation point than for the solid-wood
airfoil at all test conditions. At the high 1ift coeffi-
cients where transition was controlled mainly by severe
adverse pressure gradients, the effect of the waves was
small; at ¢y = 0.33, +transition occurred only about 2
percent of the chord nearcr the stagnation point than on
the ideally fair solid-wood airfoil. Ag the lift decrcased,
the effect of the waves became more pronounced and, at a
value of ¢y of -0.16, caused transition to occur 7 per-
cent of the chord nearer the stagnation point than with.the
ideal surface conditions, The effcct of the waves variecd
only slightly with change in Reynolds Number.

The transition-point results obtained on the 2~ and
the 5=foot-chord airfoils of solid construction are shown
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together in figure 6. As the surfaces of both of these
airfoils were ideally fair and smooth, the results at a
given Reynolds Number are strictly comparable. In the
range of Reynolds Numbers of 4,000,000 to 7,000,000, trans-
ition points were obtained on both sizes of airfoil at
widely different speeds and the small differences in tran-
sition-point location shown (about 2 percent of the chord
on the average) are believed to be due to the effects of
the compressibility of the air. The Mach number (ratio of
the air speed to the speced of sound in air), upon which
compressibiiity effects depend, varied from 0.29 to 0.59
for thec 23=foot-chord airfoil and from 0.1l to 0.20 for the
5-foot=chord airfoil in thc overlapping Reynolds Number
range of the tests. Compressibility appears to have no
pronounced effect on the location of the transition point
on a conventional airfoil at low lift coefficicnts, at
lecast for Mach numbers below 0.60., It should be pointed
out that thc compressibility shock, which has been found
to occur on & body when thec maximum local velocity exceeds
the local velocity of sound and which is. accompanied by
radical changes in pressurce distribution over the body,
had not yet appeared on the N.A.C.A. 0012 airfoil at the
maximumn speed of the tests.

The stetic-pressure distribution as obtained by means
of the static tube in the boundary-layer survey head ‘is
shown in figure 7 for each of the test 1ift coefficients.
The curves represent averages of all the data obteined on
the 5-foot-chord airfoils at speeds below 275 milecs per
hour. The only consistent change in the pressure distri-
bution for specds greater than 275 miles per hour was a
greater negative value of the prcssurc coefficient P at
all stations,

The region in which transition occurred for the
N.A.C.A. 0012 airfoils in the prcsent tests is indicated
in figure 7 for he four lift coefficients that were tested
through the widest range of Reynolds Number. At a given
lift coefficicnt, transition ncver occurred ahead of the
point of minimum pressure and, from the behaovior of the
curves of figures 5 and 6, the transition point appears to
approach the point of minimum pressure, as an approximate
forward limit, at Reynolds Numbers of the order of
17,000,000, PFrom a consideration qQf the probable distance
that the laminar flow may extend along the chord at very
low Reynolds Numbers, it seems likely that the laminar
separation point is a disturbance of sufficicnt magnitude
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to precipitate transition under any conditions. In sup=-
port of this conjecture, tests on a flat plate (reference
10) showed that transition in an adverse pressure gradient
at low Reynolds Numbers occurred at or very near the sepa=-
ration point and resulted in a reattachment of the flow

to the surface. The theorctical laminar separation points
for the several 1ift coefficients were estimated by the
approximate method of reference 11 and are shown on figure
7. At the lowest Reynolds Numbers, transition occurred

in the vicinity, and generally somewhat ahead, of the the-
oretical- separation points. The fact that the transition
points for the 1lift coefficient of 0,33 fell as much as

5 percent of the chord to the rear of the estimated sepa-
ration points is probably due to the inaccuracy of estima~
tion of separation because no actual separation was ob=
served in the tests at these 1lift coefficients,

Upper surface of N.A.C.A, 23012 airfoil.- Figure 8(a)
snows the variation with Reynolds Number of the transition—
pPoint location on the upper surface of the N.A.C.A. 23012
airfoiles It will be noticed that the transition points
are given in terms of x/c, chordwise distance from the
leading edges Uncertainty as to the exact stagnation~
point location on the N.A.C.A. 23012 airfoil made it in-
advisable to cmploy the parameter s/c used in presenting
the N.A.C.A. 0012 airfoil results. The theoretical pres-
sure distribution corresponding to cach of the test 1lift
coefficients is given in figure 9(a). Thc general shapes
of the pressure-distribution curves were similar to those
for the N.A.C.A. 0012 airfoil, and a dircct comparison
with the W.A.C.A. 0012 airfoil results can therefore be
nade, Although the analysis is somewhat handicapped by a
scarcity of test points near the extremes of the range of
Reynolds Numbers (fig. 8(a)), figure 9(a) shows that tran-—
sition occurred between the samc limits as obtained for
the N.A.C.A., 0012 airfoil, namely, the point of minimum
pressure and the cstimated laminar separation point.

Lower surface of N.A.C.A. 23012 airfoil.- The varia-
tion with Reynolds Number of the transition points on the
lower surface of the N.A.C.A. 23012 airfoil is shown in
figure 8(b) and the corresponding thcoretical pressure-
distribution curves are shown in figure 9(b). The approx-
imate method of referencce 11 for estimating laminar sepa=-
ration could not .be satisfactorily applicd to this type
of pressure distribution. The anomalous behavior of the
transition-point curves can, however, be satisfactorily
explained, by reference to the rcsults for the N.A.C.A.
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0012 airfoil, on the basis of the pressure-distribution
diagrams. TFor 2all of the 1i7 efficient values excent
0,30, trangition occurred, as on the ¥.A.C.A. 0012 air- r o
foil, in the adverse pressure gradient back of the point
of minimum pressure in spite of the fact that (exccpt at
ey = 0.65) there was a subsequent favorable pressure
gradient and another peak in .each of the pressure-distri-
bution curves., The pressure-distribution curve for ¢y =
0.30 is intermcdiate between the type of curve with two
well-defined peaks (for c¢cq = O and 0.15) and the. typec
with one peak (for ¢y = 0.65). The curve of transition-

39

point location against Reynolds Number (fig. 8(b)) for
cy = 0,30 was also intcrmediate Dbetween the corresponding

curves for these two types of pressurc distribution.

Comparison with results for a more turbulent air
stream,~ The diffcrence between the transition-point loca-
tions obtained in this investigation on the a—foot chord
metal-covered airfoil and the faircd rcsults. obtained in
the full-scale tunnel on a 6-foot-chord airfoil of similar
construction (referencc 5) is shown in figure 10. Since
the test conditions and the modecls employcd were made as -
nearly alike as possible, the difference in the transition
points is intcrprcted to be mainly the result of the dif-
ferencc in air-stream turbulcncc. PFigure 11 shows the F
differcnces in pressurc distribution on the N.A.C.A. 0012
sirfoil as measurcd in the full-scesle and the high-speed
tunnels. Because the high-spced-tunnel data shown
were mcasurcd at low spceds and have been corrected for
the offect of constriction, the differences shown are due
either to variations in shape and attitude of the models
employed or to variations in both, The discrecpancics are
slight and are belisved to have a negligible effect on
transition and laminar separation. The grcater turbulence
present in the full-scale tunnel air stream had a pro-
nounced effect in causing transition tu occur nearer the
stagnation point than in the present tests. This effect
was largest on the pressure side of the airfoil at high
l1ifts and smallest on the suction side at high lifts. The
length of the transition region was considerably shorter
in the present tests and the transition point was much more
sharply defined than in the full-sczle-tunnel tests, as is
shewn in figure 12, -

Application of results to. free-air conditions.- Al-

though sphere-drag tests in the W.,A.C.A. 8-foot high-speed =N
tunnel showed approximately the same critical Reynolds
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Number as in flight, it cannot be assumed that the transi-
tion results presented in this report will be approxinate-
ly. the same as those obtained on identical airfoils in -
flighte The small turbulence present in the tunnel hed

an insgignificant effect on transition on a sphere but may
have an appreciable influencec on airfoil transition. Un-
publishecd results obtained in the model of the N.A.C.A.
two=dimensional=flow tunnel, which is believed to have a
turbulence level even lower than that of the 8~foot high~-
speed tunnel, showed the transition points to lie from 2
to 5 percent farther back on the solid-wood. airfoil than
in the present testse.

Local conditions at the transition point.- The bound-
ary-layer data obtained by means of the four-tube survey-
head measurements on the 5-foot-chord N.A.C.A, 0012 metal-
covered.-airfoil permitted an evaluation of parameters de-
scribing the local conditions existing near transition,
The local Reynolds Number Rg and the boundary~layer
Reynolds Nunber Rg were computed and are plotted in fig-
ures 13 and 14, respectively, as functions of the airfoil
Reynolds Number. It is at once apparent that no single vale
ues of Rg  and Rg occurred at transitionm, Rg varying
from 570,000 to 3;600,000 and Rg fron about 4,500 to
11,000 with indication of still greater velues at larger
airfoil Reynolds Numbers. Values of the Reynolds Number
Rg* Dased on the displacement thickaness Us*/v, which
can be obtained experimentally with a higher degree of pre-
cision than Rg, varied from 1,58C to 3,000, A wide range
of values of these factors at transition was also reported
in reference 5,

The parameters N and A were computed for compari-
son with the flight-test results of reference 1. The thick-
ness numbgr N is defined us

it Y o7Hpm s A
.. RO
N = Rg* = < >

Pohlhausen's boundary-layer velocity-profile shape param-
eter AN, having - -the characteristic value of -12 at the
separation point, is defined as

=]

2
A< 328
1%

¥
«

The values of N and A, shown i

=]
N
’_l
7
o
=
@
‘_l
[9)]
-
b
©
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no consistent values at transition. In general, the val-
ucs of both parameters were numerically less than the
values obtained in flight by Jones (reference 1). The
values of ¥ 1lay between 800,000 and 3,000,000 and the
values of A lay between O and =6.0. The corresponding

flight values (referencec 1) for N were 600,000 to -
4,800,000 and, for A, were O to =7.2. =
o<

There was also computed the nondimensional prcssure 0

gradicnt at transition, which is defined as

::l_“_/.ig\

(1 - Pm)\ ds /

at smo
where Sp is ‘the valué of s  at the transition point.
Pn, ©vressure coefficient at the transition pointe,.

The values of this parameter lay between 0.05 and 0.54 and
showed no consistent variztion with Reynolds Number.

It thus appears that the fundamcntal causes of tran- .
sition cannot be rclatecd in & simple way to those local
conditions existing at the transition point.

Correlation of transition data on the basis of
Revnolds Number and pressure distribution.- An attempt
was made to corrclate the location of the transitioa
voint with the principal controliing factors, Reynolds
Number and pressure distribution. An approximate empiri-
cal relation between these variahles based on the results
for the N.A.C.,A. 0012 airfoil was obtained. It was assumed
that

5

l. The laminar layer extencs back of the point of

ninimum pressure & distance depending on the

Lccal velocity at this point and the airfoil
eynolds Yumber.

(A6}

The variation with Reynolds Number of the transi-
tion-point location, as experimentally obtained
or tn ero-1ift condition, holds approximately

of o

ZIE
for t1> other 1ift coofficients. (See fige 6.) 7

=

(o

For the condition of gzero lift oan the N.A.C.A. 001
foun

5
L
metal-covered airfoil, the following equation was d -
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to fit the experimental curve (fig. 6) within the scatter
of the test points:

S

2

= 531(R)"*/2 4+ 0.05

in which sT/c is the value of s/c¢ at the transition
point. In terms of the location of the point of minimum
pressure, sm/c, and the airfoil Reynolds Number modified
for the local velocity at this point, Uy, the expression
is

T At RUm\{l/g 0.08
c ¢ 3 v / S
S

since, for the zero-1ift condition, . m = 0.13 and
c

T 1.21
v - L L]

In figure 16, the values of this expression are plot-
ted against the measured transition points for all the test
conditions of the N.A.C.A. 0012 airfoils and all the upper-
surface results of the N.A.C.A. 23012 airfoil. On the same
figure are shown the results obtained from the N.A.C.A., .
full=scale wind-tunnel tests (reference 5) .y ol Crnllis Flehit
tests (reference 12), and Jones! flight tests (reference 1).
It is seen at once that, for transition points in the range
of values of sp/c from O to 0.35, which includes most

of the test conditions, the equation can be used to ssti-
mate the transition points on the airfoils tested with a
probable error of about 3 percent of the chord. For the
conditions of very low Reynolds Numbers and the conditions
existing on the pressure side of the airfoils at high
lifts, for which transition occurs in the range of values
of smp/c from 0.35 to 0.75, the scatter of the points

about the mean curve increases but a definite correlation
between the measured transition points and the values of
this exprecssion exists throughout the entirc range. The
fact that the flight-test results fall on the same curve. as
the results from the 8-foot high-speed tunnel is of particu-
lar interest, the implication being that the turbulence
level in this wind tunnel is low enough to allow approxi-
mately free-air transition points to be attained on conven—
tional airfoils., The test results from the full-scale tun~-
nel, however, fall on 2 well~definecd curve considerably dis-



placed from the results from the 8-foot high=speed tunnel
and flight, and the indicated effect of turbulence is in
general agreement with the indications of figure 10,

Inzsmuch as the foregoing method of estimating tran-
sition is bascd on the experimentally determined variation
with Reynolds Number of the.transition point on the
N.A.C.A. 0012 airfoil, it is obviously limited in applica-
tion to a2irfoils of conventional section with pressure
distributions similar to that of the N.A.C.A. 0012 airfoil,
that is, with one peak in the pressure-distribution curve,
For example, the relation could logically bes applied to
the upper and the lower surfaces of the N.A.,C.A. 00, 24,
44, and 65 series, to the Clark Y seriss, and to the
G8ttingen series of airfoils. It was successfully used
to predict transition on the upper surface of the N.A.C.A.
23012 airfoil (see fig. 18), for which the pressure dis-
tribution is similar to that for the N.A.C.A. 0012 air-
foil, But the pressure distribution on the lower surface
of the N.A.C.As 23012 (see figs 9(b)) is of a radically
different yp\ and the aromalous behavior of the curves

of transition-point location against Reynolds Number (see
£ 8(1v)) has already been discusscd. The expression
51

y cannot be employed in this instance.

It is also apparent that the relation is not appli-
cable to conditions where transition is controlled by lam-—
inar separation; for sxample, at very low Reynolds Nunmbers
or on the upper surface at high 1lifts In other words,

;
the expression should never be used to predict transition
5
[}

back of the laminar separation point.

Sic inErdiction

Skin=friection distributior on the N.A.C.,A. 0012 air-
foile~ The momentum loss per unit cspan in the boundary
layer, M, was obtained from the complete boundary-layer
velocity prefiles shown in figure 17 for the condition of
zero 1ift at a Reynolds Number 'of 10,250,000, On 2 body

such as an airfoil, M may be considerzd reprcsentative
of the drag, as a qualitative approximation; and, for a
symmetricel airfoil at zero 1lift, the coefficient 2M/qc
at any station of measurement therefore represents roughly
the contribution to the 2irfoll draxz coefficient of the

arca ahead of that station.

A plot of the momentum coefficieant 2M/fg el s s iiren.
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in figure 18 to show the general effect of transition on
the drag of the airfoil; the estimated momentum loss, had
transition not occurred, is shown as a broken line on the
figure. Although the values of ¥ are somewhat lower
than the drag, the coefficient dM/dx is nearly equal to
dD/dx over the turbulent-flow portion of the airfoil.
This, at 2 given station, the difference between the ex-
perimental curve, with -transition occurrinz at 20 percent
of the chord, and the extended laminar-flow curve should
give a close estimate of the incrcase in drag coefficient
resulting from a change in transition point from the sta-—
tion under consideration to the 20-percent-chord station.
For example, a movement of the transition point of 10 per-
cent of the chord, from the 30- to the 20-percent-chord
station, would result in an incrcase in the valus of the
drag coefficient of 0,00111 -~ 0,00053 or 0,0006, The in-
creases computed in this way are comparcd later with ex~-~
perimentally determined increments.

The local skin- frlctlon coefficient, plotted in fig-
ure 19, was computed from the expression (derived in ref-
erence 13, sec. 17, pp. 106-108)

. Te .3 .4
Bp s et e e
: a q as

|5
i)

g *
q

~

S

where To is the loecal intensity of skin frictien. Fhe
sudden increase at transition is followed by a gradual de-
crease towarq the rear of the airfoil owing to the thick-
ening of the turbulent layer and the decrease in the local
velocity outside the boundary layer.

Total skin-friction and form drag. - The total skin-
friction drag coefficient for the airfoil, Cd»v is equiv=-

alent to twice the area under the curve of figure 19 and
has the value 0.0047, within limits of accuracy of £0.0005.
A comparison of this value with the best available estimate
of the total profile-drag coefficient of the N.A.C.A. 0012
airfoill cdo = 0.0056 at a2 Reynolds Number of 10,250,000

(based on an extrapolation of the measursments of reference
14 corrected for transitioa-point movement) indicates a
pressure or form drag between 7 and 25 percent of the total
drage.

Estimation of eirfoil skin friction.- The measured
skin-friction distribution shown in figure 19 mekes possible
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n of the merits of various methods of estimat-
1l drag when the transition point is known. The
small contribution to the total skin friction
ction of the laminar layer of conventional air-
igh Reynolds Wumbers does not warrant the appli-
laborious methods such as that of Pohlhausen in
the laminar skin friction. In the present cal-

the classical flat—pla e theoretical values,
o0 allow for the increased local velocity due to
flow, were emp‘oved. For a flat plate, the exact
friction coefficient is (reference 13, sec. 14,

(0] o ExE32 /uoU

Ve This rclation was assumed to hold approxi-
1

an airfoil where U # V and was applied in the
form:

1{73
0.664 F(J v) 1

R sfc

Cf =

is the mean value up to the station. =s.

alculated laminar friction is shown in figure 19
n to be a good average approximation for the re-

minar flow. The skin friction computed from the

he boundary-layer velocity profiles, which could
d with fair accuracy in the laminar-flow region
otted in the figurc and indicates satisfactory
with the mom,ntum measuremcntise. The relation be-
slope and the surface friction 1is

L/ dun
)

q \d / V=16

G

r o dnteresdy the laminar boundary-layer thicl-

omputcd by the same method of approximation and

ent between the experimental and the theoretical

was good (fig. 20). The approximate equation
ckness is:

1/2

A

is the mean value up to the station s.
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A method suggested by Dryden and Xuvethe in reference
15 was used to compute the skin friction corresponding to
the turbulent flow. The principal assumptions were:

(1) T™he boundary-layer velocity distribution may be
described by the relation u/U = (y/8§)17/7
at all stations in the turbulent-flow region,

(2) The skin friction for a given local velocity de~-
pends only on the thickness Reynolds Number,
according to the results of pipe-flow tests.

Assumption (1) is substituted into the von Kédrmédn intcgral

equation and a solution for & is obtained; namely,

2/5

<O.289. g /xXUevn ‘ >
= ax

U118/28 E
o)

The velocity-distribution profiles (fig. 17) showed that
the end of the transition rcgion was at about 30 percent
of the chord; that is, the profiles back of this station
showed fully decveloped turbulent-flow characteristicse
Accordingly, &6 was computed from the foregoing equation
on the assumption -that the developed turbulent layer start-
ed at a2 point s; (20 percent of the chord) such that the
momentum loss at the 30-percent-chord station equaled the
measured value at this station. The variation along the
chord of the local velocity U was obtained from the ex-
perimental resultis.

. °, 2 . » . . .
_ By assumption (2), the skin-friction coefficients
were then obtained from

/4
. PHE g R
D045 == il S

° 2q U6>

c

y

The results of the czleulations of B aad cg are shown
in figures 20 and 19. It is seen that this method gave a
fair approximation to the thickness of the turbulent layer
(fig. 20) bdbut that the computed skin-friction coefficients
(fig. 19) were considerably higher than the measurcd coef-
fieients.
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For small values of &8, the preceding expression is
invalid since it gives the result c¢f = » when & = 0.
The computed turbulent-flow friction curve was therefore
cxtended only to the center of the transition region. If
it is assumcd that an instantanoous transition takes place
at this point X/C = 0.25), the area under the computed
curves gives a computecd Car = 0.0053, which is about 11
percent greater than the measured value.

The foregoing calculations emphasize the fact that,
even if the transition point is known, it is impossible
to compute airfoil drag with sufficient precision. Ade-
quate data on form drag and on the skin-friction coeffi-

cients corresponding to the turbulent flow on airfoils must
yet be obtained,

Calculation of scale effect.- The forward movement
of the transition point with increasing Reyvnolds Number
(figs. 6 and 8) indicates that the variation with Reynolds
Number of the drag cosfficient of 2 smooth airfoil will
not follow the skin-friction law for 100-~perccat turbulent
flow as is somctimes assumed for convenience in extrapo-
lating airfoil data. In the caleculation that follows, the
skin-friction drag coefficient of the N.A.C.A. 0012 air-
foil at zero,lift is computed for Reymnolds Numbers ranging
from 1,500,000 to 17,000,000, use being made of the experi-
mentally determined location of the transition point (fige
6).

The approximate method of ccmputing skin friction
previously described is considered adequate for estimating
the variation in total skin friction with Reynolds Number
although the absoclute values of the coefficicnts will be
somcwhat high, As before, the boundary-layer flow was con-
sidered laminar up to the center of the transition region,
which was assumed to lie 5 percent of the chord back of
the trensition point, Llse., &t sT/c + 0.05. Beyond this

point, the flow was considered turbulent, An imaginary
starting poiat, S;, from which thc turbulent laycr was
assumcd to develop, was selected for each Reynolds Number
so that the momentum loss at the end of transition would
have the value 0.00035 gec + laminar drag, determincd from
the measurements at R = 10,250,000, The thickness of the
eddying layer was then computed from the Dryden-Kuethe
couatvion, rewritten in terms of the Reynolds Number:

X971
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s/c

0.289 , 1 . 27/7
= c (u/v) d(s/e)
R4 <U/V )
</ 83,C

The airfoll drag coefficient was finally obtained friom

r : + 0.08) /2
cag = 266 | <E> (ke )] +
v R J
.o (>3 .00
1/4
] 90 (& /U\ /4 mr/e
+ 0,090 \R> \V) 8 d(s/c)

(sp/c +0.05)

where the quantity U/V in the term for laminar dragzg is
an average value taken between the leading edge and
sT/c + 0.05, and the boundary-layer thickness & 1is ob-

tained from the previous equation,

The scale-effect curve thus obtained is shown in fig~
ure 21 where it is compared with the spscial case of 100-
percent turdbulent flow, that is, wherc transition occurs
at the leading edge. It is seen that the curves have
greatly different slopes at the lowcr Reynolds Numbers and,
in addition, are widely scparated. The nscessity of a
detailed coansideration of transition effects in estimating
the draz of a smooth airfoil is emphasizecd. The incrcase
in drag due to forward movement of the transition point is
morz than offset by the* decrease of the local skin-friction
coefficicnts with Reynolds Number througlout the ranze consid-
ercd. At high Reynolds Numbers, the slopes of the two
curves tend to become equal owing to the fact that the mo-

tion of the transition point becomes small,

Results of force tests with controlled transition.-
The results of the force tcsts showing the increase in
drag asstciated with controlled movcment of the transition
point are presented in frgure 22, The draz-coefficient
incremcnt Acyg, corresponding to a change in transition-

point location A(xp/c), was defined as follows:
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Acg = cq(wing with string) - cg(smooth wing) =~ cg(string)

The &rag of the string at a given speed and station was
obtained as the difference in drag measured with the string
and the carborundum strip because the drag of the carborun=-
dum strip, from an estimate based on tests with the wing
completely covered with carborundum was negligidble. The
fact that the straight line through the experimental points
does not pass through the origin is probably due to an

error in obtaining the basic wing drag, to a possible ef-
fect of artificially induccd transition by a surface irregu-
larity on the character of transition, or to a combination
of these factors., Of paramount intercst, however, is the
slope of the curve. A comparison of the slope obtained

from the momentum-loss diagrem (fig. 18) with the slope of
the exzperimental curve shows good agrcemente. There was
practically no change in the slope of the curve, as deter-
mincd cxperimentally or as computed, with the original lo-
cation of transition, with the extent of the.transition
movement, or with the Reynolds Number. The slope was ap-—
proximately cqual to the estimated profile—~drag cocfficient
so that, as a general rule, for conventional airfoils the
drag—-cocfificient increment in pcorcentage of the profile .
drag is equal numerically to the change in location of the 2
transition point in percentage of the chord. For example,
a small surface irrcgularity at the 5-percent—-chord station
on both surfaces of the N.A.C.A. 0012 airfoil would cause Z
transition to occur 37 percent of the chord ahead of the
transition-point location on a smooth wing for the condi-

tion ¢y = 0O and R = 2,000,000 (see fig., 6) and would be
accompanied by an increase in profile drag of approximately

37 percent, For R = 10,000,000, the incredse would be

about 20 percent.

8977

CONCLUSIONS

l, The transition point on smooth wings of conventional
section in an air stream with turbulence approaching that of
free ailr may be expected to move progressively forward with
increasing Reynolds Number from the vicinity of the laminar
separation point at Reynolds Numbers of the order 1,000,000
to the vicinity of the point of minimum static pressure at
Reynolds ¥umbers of the order of 17,000,000, .

2. Stream turbulence of the magnitude of 0.3 percent
had a marked effect in causing transition to occur nearer
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the stagnation point, in increasing the length of the
transition recgion, and in reducing the sharpness of defe-
inition of the transition point.

ffect of compressibility om the loeation of
n point on airfoils at low 1lift coefficients
r Mach numbers at least as great as 0.60.

2 o o

4, Small departures from a fair profile in the Form
of barely perceptible surface waves may cause transition
to occur nearer the stagnation point than on an aerodynami-
cally falir surface.

5, None of thé usuval parameters describing the local
conditions in the boundary layer near transition served
as an index for lecalting transitiion,

6. For a given stream turbulence, the static-pressure
distribution and the Reynolds Number wers the mein factors
influencing the location of the transition point on the
airfoiks. The transition point o an airfoil of conven-
tional sesction with a pressure distribution similar to that
of the NeA.CeA. 0012 may be expressed as an approximate
empirical function of the location of the point of minimun
pressure and the Reynolds Number,

7. Present knowledgc of form drag and local skin-
frictioa coefficients is inadequate for the precise compu-
tation of airfoil drag evean though the location of the
transition point is known.

Langley Memorial Aeronautical Laboratory,
National Advisory Committee for Aeronautics,
Langley Ficld, Va., October 21, 1939.

¥
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Distances along the Surface (s/c) from the Theoretical
Corresponding to Distances along

Stagnation

Roint,

TABLE

I

the Chord Line (x/c) from the Leading Edge oi the
N.A.C.A. 0012 Airfoil
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N.A.C.A. . Fige.1,2,3
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high-speed wind tunnel,
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Figure 2.—Static~and total-pres—

sure tubes used in sur-
veying the boundary layer of the
5—-foot-chord N.A.C.A. 0013 air-
foils.

figure 3.—-Static-and total-pres —

sure tubes used in sur-
veying the boundary layer of the
3-foot—-chord N.A.C.A. 0013 air-
foil. The tubes are approximately
two-fifths the size of those used
on the 5-foot-chord airfoils.
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Figure 4.- Velocity in the boundary layer of the 5-foot-chord N.A.C.A. 0012 metal-

covered airfoil 0.008 inch above the upper surface at a Reynolds
Number of 6,550,000, showing transition at several 1ift coefficients.
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Figure 5.- Transition-point location on the upper surface of the 5-foot-chord

N.A.C.A. 0012 airfoils as affected by 1ift coefficient, Reynolds
Number, and minute surface waviness of the metal-covered airfoil.




N.A.C.A. Figs. 6, 7
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Figure 6.- Transition-point location on the upper surface of the 2-foot-chord
N.A.C.A. 0012 airfoil, and comparison with the results for the 5-foot-
chord airfoil to show the effect of compressibility.
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Figure 7.- Static-pressure distribution on the 5-foot-chord N.A.C.A. 0012 airfoil

for the test 1ift coefficients. The ticks indicate the location of the
transition points for the extreme test Reynolds Numbers. Estimated laminar
separation points are denoted by S.
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Figure 8.- Variation with Reynolds Number of the transition point on the
N.A.C.A. 23012 airfoil for several 1lift coefficients.
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Figure 10.- The difference between the transition-point locations on the
upper surface of the N.A.C.A. 0012 metal-covered airfoil as
obtained in the 8-foot high-speed and full-scale wind tunnels.
R, 5,000,000. (See reference 5.)
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Figure 12.- Comparison of typical transition curves obtained in the 8-foot high-
speed and full-scale wind tunnels. c;, O; R, approximately 5,000,000.
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Figure 16.- Correlation of the transition point with pressure distribution and
Reynolds Number for the 8-foot high-speed-tunnel test results, and
comparison with full-scale-tunnel and flight-test results for several airfoils
over a wide range of Reynolds Numbers and lift coefficients.
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Figure 13.- The local Reynolds
Numoer at the
transiticn point as a function
of 1ift coefficient and
Reynclds Number for the 5-foot-
chord N.A.C.A. 0012 metal-
covered airfoil. :

Figure 14.- Tse boundary-

layer Reynolds
HNumuer at tre transitlicn point
a function of 1lift
ccefficient and Reynolds Number
for the 5-foot-chord N.A.C.A.
0012 metal-covered airfoil.

Figure 15.- Values of N

and A at the
transition point for the
5-foot-chord N.A.C.A.
0012 metal-covered
airfoil.



) @
1

22

nu no Aq
T © ¥ ¥ S % § § § O 8

4
5 2 5 . . Q
‘ur* R ‘2004 uns S10gD 82UDISI(] .

.26
24
.20

Tizure 17.- Velocity profiles in the boundary layer of the N.A.C.A. 0012 airfoil. e¢;, O3 R, 10,250,000.
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Fizure 18.- Variation along the chord of the N.A.C.A. 0012 airfoil of the momentum-loss coefficient.
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Figure 19.- Variation along the chord of the N,A.C.A, 0012 airfoil of the local skin-friction
coefficient 2nd comparison with theoretical approximations. ¢;, 0; R, 10,250,000,
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Fizgure 20.- The thickness of the boundary laver on the N.%.C.A. 0012 airfoil compared with
theoretical approximations. ¢;, 0; R, 10,250,000.
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