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NATIONAL ADVISORY COMMITTEE FOR AERONAUTICS

ADVANCE CONFIﬁENTIAL REPORT

PARAVETERS DETERMINING PERFORMANCE OF SUPERSONIC
PILOTLESS AIRPLANES POWERED BY
RAM-COMPRESSION POWER PLANTS
By Paul R. Hill

SUMMARY -

The dimensicnal parameters of ram-compression power
plants are related in this_analysis to their thrust and
economy performance, and tie speed and range performance
possibilities of a family of pllotless airplanes powered
with such a power plant are ‘investigated.

The performance calculations were made for a power
plant in which the air enters the nose at stream velocity,
a normal shoek occurs inside the nose, the subsonic flow
expands through an expanding diffuser to the velocity at
the entrance of the combustion chamber, fuel is added
and burning takes place in a constant-area.tube, and the-
alr expands to supersonic velocity through a contracting
and expanding nozzle to stream pressure. A specific
fuel consumption of 0.46 pound per thrust-horsepower-
hour and a thrust of 3750 pounds per square foot of
combustion-chamber area appears possible-at -sea level at
a fuel-alr ratio of 0.0

P e

In the study of pillotless-airplane performance, a
body with a conical nose and a ‘cylindrical .afterbody was
mounted on circular-arc-section wings that had a thickness
ratio of 5 .percent in the stream direction. All the
1ift was-considered to be carried on the wings. The
1lift and drag were calculated by the Ackeret theory for

-two-dimensional flow at supersonic speeds. Perform-

ance was calculated for wide ranges of the_basic para-
meters of power-plant size, gross weight, and wing area.

A range of 1200 miles -appears-possible and speeds up to

3000 miles per hour (Mach number of li) were.calculated.. .
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The calculated motor charascteristics of subsonic
ram-compression engines, the constants used in the
computations, and the eguations used in'computing per-
formance are given in: appendixes. An example showing
the method of computing thrust is included. -

INTRODUCTION

Jet-propulsion systems using atmospheric air for
combustion are the ram-compression engine of the
intermittent-flow type and.the Jet-propulsion unit
employing a blower, both of which have proved useful
at subsonic velocities. Beth these systems have maxi-
mun pressures greater than ram eompression. As flight
speed is increased, more pressure is aveilable from ram
compression and less relisnce needs to be placed on
auxiliary devices for obtaining high o»ressures. At
supersonic velocities the continuous-flow ram+compression
unit has a compression high eneugh for good efficiency

>R <

‘and has a large mass flow of air per unit frontal area,

which gives high power output.

In the nresent paper performance computations are
made covering the speed range from ailach number of 1.5 to one
of L.0. (Calculated engine characteristics of subsonic
ram-corpression engines sre given in apnendix A.) The
rem-jet engine nerformance is treatsd as an aerodynamic
and thermodynamic problem and tHe nerformence of the

‘engines 1is given &s a function of the areas, velocities,

and temperatures involved in the design of such a unit.
The englne performance is vressented ss the thrust ner
unit conbustion~chamber area,

The airplenes upon which the com-utsations sre
carried out consist of: (1) a fuselage housing the
engine unit with a frontal area equal to the frontal
area of the engine; (2) wings of circulsrsarc and
diamond~-wedge types, 5 percent or less in thickness
retio and with ereas varying with the wing loading;
(3) taill surfaces of the same types as the wing. The
external lift and dreg of the wing, body, and tail
surfaces are based on the theoretical work of Ackeret
and Busemann (references 1 to 2), which hss experimental
verification and is sufficiently sccurate for high
fineness ratios. Speed and range oerformances are
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computed for wide ranges of the basic psrameters of
weight, power-plant area, wing area, and altitude.

There are numerous major problems te be encountered
in the successful design and operation of a ram-jet
powered airplane that are beyond the scope of this paper.
Among these problems are take-eff or lsunching, lending,
structural design, stability, control, burner design,
and ceoling. These problems will-tasxe considerable time
and ingenuity to surmount,

ANALYSIS OF SUPERSONIC RAM~COMPRESSIOM POWER PLANTS

The following analysis 1s deveoted to a description
of the power-plant configurations, a descrintion of the
power-plant cycle, and sn analysis of the mower and
economy performance. J -

Pewer-Plant Configuration
The power nlant is a duct consisting of an entrance
or compression recion, a combusticn chamber, and an
exhaust nozzle. Schematic drawings showing the cbn-
figurations of the ducts upon which the calculations of
thls paper are bssed are shown in figure 1. The lebding
edge is & sharp ring formed by the intersection of the
conical external surface with the internal surface of
whe duct, i

Computations ere vresented for three configurations
of the compression region of the ducts. In figure 1l(a)
the cempression region consists of a gradually expanding
cone, er diffuser, which begins at the leading edge and

extends to the combustion chamber. In figure 1(b) the
compression region bvegins as a circuler cylinder, or

pipe. Behind the pipe follews the expanding cone lesading
te the combustion chamber. The purpose of introducing
the vipe 1s to form a cergo space between the inner and
outer shells ahead ef- the cembustion chember. In

figure 1l(c) the compression region begins sas & short
ceantracting cone giving a small reduction in duct ares.
The contracting part is followed by 2n expanding cone
extending to the combustion chamber. The purpose of
adding the .contracting cone, or supersonic diffuser, is
tg decrease the stream velecity belore the occurrence
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of normal shock. Test data for this type of entrance
for the part of the duct from station 1 to station L
were obtalned from reference li.

The combustion chamber is siiply a circular cylin-
der. Fuel is added st the beginning of the combustion
chamber. The cross-sectional area of the combustion
chamber is used herein as a reference area.

The exhaust nozzle, of the Laval type, con3ists of
a contracting section to speed up the gases to the
local velocity of sound at the throat and an expanding
section fer obtaining supersonic gas speeds.

Aerodynamic anéd Thermodynamic Cycle

The cycle of the supersonic ram-jet motor operating
at design conditions' is described for the entrance-
region configuration of figuhe 1(b), which is a more
general case than the confl urat¢on of figure 1(48). « Th
cycle is illustrated by a 11 agram showing the variation

e
10
b
o
L
(0]

of pressure, velocity, and temperasture (fig. 2(2)) and
a nressure-volume disgram (fig. 2(b)). The air enters
thé duct at free-stresm velocity. Immediately inside
the. duct a normal shock wave reduces tne veloeity to a
subsonic value and creates 2 sudden rise in pressure.

N

This compression is shown in figure ((c) as a wvertical
line at station 2 and in figure 2(b) as a line con-
necting stations 1 and 2. After the shock wave the air
flows through the cylindrical part of the duct at sub-
sonic V81001ty and & friction pressure drop from
stetions 2 to % results.., A further compression is then
obtained by a reduction in air velocity through the
giliffuser cone, sbteatlons. 5 to ke :
Station L is at the entrance to the combustion
chamber. Here the velocity is at its minimwn value and
the pressure at its maximum. At (BHis ‘peine tthel el
is edded. As the burning ‘hrogre*ses an expension takes
place together with a proportionate sveeding up of the
gases becduse the cross-sectional, ares of the combustion
chamber 1s constant. The scceleration of the gases and
the friction losses produce a drop in pressure from; .
stations Iy to 5, as shown in figure 2(b). Part of the
diagrams where the curves are not clearly defined are
dashed.
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The exhaust nozzle, stations 5 to 7, accelerates
the gases from subsonic to supersonic velocity as it
expands the gases from the vressure a2t the end of com=~
bustion to atmospheric voressure at the end of the nozzle,

Constants Used in Power-Plant Computations

A

The constants used in the power-plant anelysis are
disted below. A comhlete list of the conditions assumed

" for the analysis is given in appendix B, and the symbols

are defined in appendix ¢C.

(1) The friction factor is 0,0030 in the entrance
pipe. - This value can be ‘obtained only in a smooth,

" polished pipe.

NS

(2) The subsonic diffuser has éen elecieﬁcy of
90 .percent.
v
- (3) The lower heeting value of fuel is 19,000
British thermal units per pound. : .

b
(LL) Incompléte combustion and heat transfer through
the combustion-chamber walls sre accounted for by =

oL

combustion efficiency factor shown in figure 1l6.

(5) The ratio of specific heats varies with temper-

‘ature and fuel-ai¥ ratio (figs. 15(a) and 15(b)).

(6) The friction pressure loss in the combustion
chamber i1s 10 percent of the average dynamic pressure,

(7) The exhaust-gas velocity et the nozzle exit is
97 percent of the value for isentropic expansion te the
pressure at the nozzle exit.

Power-Plant Perfermsnce

Figures 3{a) to 3(d) give power-plant. data for ram-
jet units with a cylindricel-pipe entrance. The pipe
has sufficient length to make the over-all length-
diameter ratio of the airplane fuselage 10, Figures 3(e)
and 3(f) are for ram-jet units with supersonic-diffuser
entrances. The stream Mach number 1.673 was chosen
because experimental data are available for this value.
Figure 3 is f8r a fyuel-air ratio of 0,033 and an altituds
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of 35,500 feet. This altitude was chosen becsuse it is
in the lower edge of the stratosvhere, or constant-
temperature region. Figure 3 shows the thrust per
square foot of combustion-chamber aresa F/Ah’ maximum

temperature occurring in the cycle t5, and the ratie

of three immortsnt sress to the combustion-chamber
eareeas entreance ares A2/Ah’ nozzle-throat area Aé/Aﬁ’

and nozzle-exit area A7/AL, 21l expressed =s functions
. iy :
of the velocity at entrance to the combustion chamber W;'

The combustion-chamber entrsance velocity is a sig-
nificant paremeter because, for any given flight lMech
number and compression efficiency, this velocity
determines the mass flow per unit combustion-chamber area
end the compression ratio end influences the frictiioneal
losses. Beth power and economy sre therefore affected
by the combustion-chasmber velocity. The ratio of nose-
entrance area to combustien-chamber ares determines, fer
given initial streasm condition and compression efficiency,
the veleceity at entrance te the combustien cheamber. The
lower limit ef the combustion~chamber velocity is zerse,
which correspends to a nose srea of zerc. An upnrer
limit is the value that produces tre speed of sound at
the combustion-chamber exit and chokes the flow. :

Inasmuch as the thrust per square feot of combustione
chamber area is given,the thrust of any size unit may be
obtained by multiplying the thrust per unit area by the
combustion-chamber area, Alse, if such small effects as
the change in friction factor with a change in Reynolds
number are neglected and all independent naremeters
except density are held censtant, the thrust obtainable
at a given atmospheric tempersture is proportional to
atmospheric density. Since steznderd atrniospheric temper-
ature is constant zbove the altitude for which the
charts are constructed, 35,500 feet, the power at any
higher altitude can be obtalned by multiplying the power
as read from figure % by the relative-density ratio.
Likewise, the arees given are also valid for stsndard
conditions at any higher altitude.

When A7 is larger than Aﬂ’ A7 ~becomes the

effective drag area. 1In order to locate the maximum
thrust per unit effective drag saréa for complete
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expansion nozzles, a curve of F/A7 is introduced for
the range where A7 1s larger than 4. The negative

slope of this curve shows that the complete expansion
nozzle gives a reduction in thrust-drag ratio in this
range. A vertical line 1is drawn on figure 3%(a) at the
value of v), meking A7/Ah equal to unity. Schematic
drawings on figure 3 illustrate the proportions of the
duects. ' v

Stream Mach number has a marked effect on maximum
flame temperature; tg 1s increased from 1990° F to

3125° F by an increase in stream Mach number from T

to 4.0 (figs. 3(a) and 3(d)). Also, figure 3 shows that
at the lower Mach numbers the combustion-chamber
velocity has an appreciable effect on temperature. For
eéxample, at a Mach number of 1.5, the temperature drops
150° F for an increase in v, of L0 feet per second.

At a Mach number of 4.0 the drop is only 4° F for an
equal change in ), . i

Figure 3(g) gives a comparison of the design thrust
at a fugl-air ratio of 92,035 of the rem-comoression engines
treated herein with the static thrust per square foot of
frontal area of a turbocompressor jet-propulsion unit in
current use, designed for high thrust output. The
thrust of the turbojet unit is seen to be between the
thrusts of subsonic and supersonic rem-compression units.

- Figure 3(h) shows the temperature and pressure of
the air at the entrance to the combustion chamber. The
purpose of thils figure is to give information pertinent
to the ignition problem. For & stream Mach number o
of L,.0, the temperature of the air is above the ignition
temperature for many fuels at the pressure obtained.
The figure is made for pipe entrances for an over-all
length-diameter rdtio of 10 and = velocity at entrance
to combustion chamber of 250 feet per second. 4 change
in the length-diameter ratio or entrance velocity has a
negligible effect on ignition qualities. Stream Mach
number and altitude have a significant effect.

In figure li(a) are shown cross plots of the basic
thrusts obtained in figure 3 as functions of stream Mach
number. In addition, the thrust with entrance pipes for
an over-all length-diameter ratio of 15 and the thrust
for the case in which the pipe length is zero are also
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shown, The thrust 1ncreases rapidly to a Mach number

of 3. At a Mach number of L the thrust begins to .
decreqse becuuse of the-decreased eff1c1encv of pressure
recovery across the shock wave.

The supersonic-diffuser entrance gives the greatest
thrusts and the longest pipes the lowest thrusts,
although there is not & great difference. The obJect of
changing the proportions (over-all length-diameter
ratio) is to investigste ses with different amounts of
cargo space forward of tqe combustion ‘chamber. The fuel
capchtv of the wing tanks of airplanes traveling at :

supersonic speeds is necessarily small bsceuse of the lew
thickness ratios of the wings. (Wing volumes are treeted
in anpendix B.) ' 3 i

Values of specifiec fuel consumntion for the same
power plants sre elso shown in figure li(a). Units of
pounds per horsepower-hour are used because of the
familiarity of this unit for the conventionzl engine. .
When the cooling and propeller losses of the con-
ventional engine are considered, the economy shown at a
Mach number of 1.5 equals that of a. conventional-engine
ornneller system at design speed and military power, at

Mach number of 2 equals the economy nf the engine pro-
peller systems in crulsing, and at a Mach number of 3%
or i is better than that of the most efficient -engine
propeller system. :

Figure l(b) shows the thrust and economy of power
plants de ianed to operate..sat sea level with a Tuel-cir
retlios.of i.055 The fesirns have entrance pines for a
length- dlameﬁer ratio of I0, Favorable thrust and
economy are shown. For example, at a Mach number of 2.0
the cempuued thrust is 3000 nounds per square foot. of
combustion-chamber area and the specific fuel con-
sumotion is O 05 pound ver thrust-horsepower-hour. At
a Mach number of 3,2 the thrust is 3750 peunds per :
square fcot end the specific fuel consumption is
0.6 pound rer thrust-norsepower-hour.

I3

Operation of a Power Unit with Pixed Afea
at Various Flight Speeds

The power-plant operation so far considered has
been at a design operating speed. Some factors affecting
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the operation of a given unit at other than design speed
will be considered. TFor o system of fixed dimensions the
mass flow of air entering the duct at stream velocity is
proportional to the forwsrd speed. The conditien that
the oroduct of the density and speed of the gases at the
throet of the nozzle is proportional to the forwerd
speed must therefore be met. Because of the incressed
compression of the air at operating sneeds above design
speed, the throat is more than large enough for oper-
ation at design fuel-air ratio with the shock wave at
the entrance. Pressure and tempersature combinations
giving the required conditions at the nozzls threat are
obtained by either a readjustment of the internsl flow
through a'movement of the shock wave or a change in the
fuel-air ratio. :

lMovement of shock wave.~ A movement of the shock
wave 1n the duct Is forced by a change in downstream
pressure whether the duct is an expanding or 2 constant-
diameter pipe. Experimental verification of these
phenemena is mresented in references h and- 5.+ In erden
to illustrate the nature of these phenomene, figure 5(a)
shows the calculated equilibrium conditions between
shock-wave position in a constant-diameter pipe and the
pressure at the-end of the pipe. This computation was
gdpied out for a friction factor of C.003, an entrance
Mach number of 2.0, and a pipe length of 25.55 diameters,
which is the choking length of the oipe for the asssumed
conditions. As the position of the shock wave maves
downstream, the lncreased smount of .energy last in
friction accounts for the drop in pressure at the end of
the pipe. Figure 5(b) shows the calculated equilibrium
between pressure et the end of an expanding pipe and
the vosition of the shock wave. The entrance Mach number
is 1.5, the expansion angle measured between the walls

af the pipe i3 3.0° 1/d; = 13.2, and the friction factor

i1s 0.003. Small movement of the shock wave in a tapered
pipe corresponds to considerable pressure regulatiens 4 A
larger travel of the shock wave is needed in a straight
pipe. 1In a ram-jet duct with a cylindrical entrance pipe
there 1s n» reason why the shock wave cannot move threugh
the pipe into the subsoniec diffuser. :

Figure 6 shows the change in thrust eof power plants
with increase in speed at constant fuel-air ratio for
two tyves of entrance. At the lowest Nach number

CONFIDENTIAL
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shown for each.entrance, the shock wave is in the extreme 2
forward position and moves back with an increase in

forward Mach number. This type of regulation is advan-

tageous because it is purely auvtomatic. If the speed ‘
1s decreasé€d below that at which the shock wave is at

the throat of the supersonic diffuser or the entrance to

the straight pipe, the shock wave moves out in front and

the mass I'low and power output are reduced. Another

result of the movement of the normal shock in front of

the entrance is an increase in the external pressure

drag.

Control by change in fuel-air ratio.- In order to
obtain increased thrust at speeds “oove design speed or
for flight at reduced speed, control is effected by
regulation of the fygl~gir ratio. Figure 7 shows the
results obtainable above and below design speed by vary-
ing the fuel-air ratio to keep the shock wave at the
entrance.

The curves are computed for a unit with entrance -
pipe for 1/d = 10. Entrance and ‘throsat area are optimum
for a fuel-alr Tratio of 0,733 and a Mach mmber of 2kl
The reguired range of fusl-air ratio is from 2,018 to 0,056
for a range of operating Mach number from L+5 Doy ubs
The curve of fuel-air ratio applies to all the thrust 5
curves shown. The thrust curves are drawn for three
ratios of nozzle-exit area to combustion-chamber area:
0.79, 0.89, and 1.0. These areas expand the exhaust
gases to dlmospheric pressure at stream Mach numbers
oL ELn L FLYG. and 2 respectively. At higher Mach
numbers the pressure at the nozzle exit is above atmos-
pheric. The reduced thrust with the smaller nozzle-
exit areas at a glven Mach number is due to incomplete
expansion of the combustion gases in the nozzle.

A comparison of the thrust curves of figures 6(a)
and 7 for a ratio of exit area to combustion-chamber
area of unity shows that the increase in thrust as the
gspeed is Increased from a stream Mach number of 2.0
to 2.5 is 12 percent with a constant 7-:1-2i- ratio of
0.0%% and 77 vwercent ~it™ chance i fuel-air ratio. The
specific fuel consumption also drops with change in fuel-~
alr ratio (not shown) from 0.70 to 0.63 pound per
horsepower-hour. >
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Effect of Changing Design Puel-Air Ratio

A decrease in the fuel-air ratio for a given oper-
ational speed and altitude creates hotter exhaust gases
that occupy & larger volume per pound of gas, The
ratios of nozzle area to entrance area are therefore
increased to accommodate the increased volume of flow,
A change in the design fuel-air ratio for any given .
design speed and altitude necessitetes a change in the
dimensions of the power plant,

Pigures 8(a) and 8(b) show power-plant character-
istics at sea level for two design values of fuel-eir
ratio. The stream Mach number is 1.5. The nozzle-exit
areas A7 are the proper size to expand the exhaust

gases to atmospheric pressure, The design thrust per
square foot of combustion-—chamber area at a fuel-air
ratio of 0.033 is 1950 pounds. If the mixture is given
all the fuel that can be burned, fuel-air ratio of 0.067,
F/Au is 2390 pounds per square foot. The primary
reason why the thrust dld not increase more rapidly is
the reduction in mass flow (vy is reduced from 300 to
230 fps) to make the nozzle—exit area equal to the
combustion—chamber area, At vy = 248 feet per second
the velocity at the exit of the combustion chamber
reaches the speed of sound, or choking takes place,

This velocity is marked by a vertical line on figure 8(p).
No higher velocity is possible at this fuel-air ratio,
Because of the high flame temperatures with a fuel-air

ratio of 0,067, choking takes place at a lower value of vy

than for leaner mixtures, A nozzle desigped for this
condition would have no throat but would merely flare
outward. The thrust per square foot of this power plant
is 2440 pounds.

A ram jet designed for a fuel—air ratio of 0.033 at
35,500 feet has entrance and nozzle—throat areas of
0,343 and 0.908 square foot per square foot of combustion—
chamber ares. From a series of figures such as 8{a) and
8(b) it can be determined that for this design to operate
at sea level with the shock wave at the entrance a fuel--
air ratio of 0.048 is required. The extra thrust so
derived may be used for acceleration or climb,
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ATRPLANT PmRFORVANCb

The. Uurpose of a Derfermance-narqmeter study is to
relate the knowledge,+n the particular field ahd deter-,
mine from the relationships of- this. KnOWlbdge the influ-
ence of each parameter on performance.possibilities in
the light of ex1st1ng data. . No experlmental date exist
on the drag of bodies &and w1nps ‘at .supe€rsonic speed
other than for the simplest shqoes. Simple body and
wing shepes, such as the cylindér, the cone ‘and the
wedge, were therefore . chosen.ss the basis of computation.
The accuracy of the llft snd drag results computed from
equationis available for. these simple shapes is sufficient
for establlmlnO trends. Wnowlodgo in the field of
supersonic flow, however, is todsy in = state of rapid
growth. As tkeovetiCQI and experimental dreg data for
more complex shapes be come available, these shapes may
be shown to be superior to the simple shepes herein
considered; therefore the results given in tke present
paper tend to be conservative.

In making a performance- Dcrameter study many varis
ables must be fixed at mean or accepted values in order
to investigate the main paraméters involved. TFor
exemple, 2ll external surfaces are’ ‘assumed to be
perfectly smooth and without protuberances of any kind.
If 1t becomes necessary to add various items that raise
the external drag above that of a smooth body, the
results herein oresented will bo unconservatlve.

The fellowing otudy'of the herfovmqnce of supersonic
airplanes powered with ram-compression engines is pre-
sented as an engineering sporoximstion of thé possi-
bilities of such airplanes. The effects of weight, wing
area, frontal area, and altitude on the possible speed
and range performsnce of two families of airplanes ere
shown. As experience makes more exact' knowledge availa-
ble, these estimates of verformance possibilities and
trends will have te be reevaluated.

Description of Airplane Chsaraecteristics
The speed and range performances are computed for

airplenes housing 2 single nower plant in a fuselage of
the same diasmeter as the oower plant. Computations are
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carried out for a wide range of gross weight, power-
plant size and wing area. 3

Performance is computed for the basic design con=-
dition qf the power plants at. a fuel-ailr ratio or 0.233
The fuel-gir ratio is erbitrenily chosen at a value
between the lower limit for complete combustion, D.Oo?,
and a value of 0.0167, which is common in turboiet units
becguse of tepperature limitations in the turbine A
value of 17.0%3% was chosen; this value allows & margin Lor
enriching the mixture to obtain excess power for climb
and for flex1bilitv of operatlrn. The othcr essential
characteristics are: j

(l) The rose is conical and has a slope’ of 1/10.
(2) The body is cylindrical.

(%) The over-all length-diameter ratio is either
10 or 15.

(44) The wing has a thickness ratio of 5 pe
and a double~circular-arc section except where diamond-
section airfoils are introduced to shcw the effect of a
change in section. The section thickness is to be
measured in a plane narallel to the air stream. A study
of reference % shows thet the wing-drag equations used
herein (appendix D) apply with sufficient accurecy if
the shock wave is atteched to the lesding edge. Aside
from the restrictions stated, the plan form is not
specified. Induced tip losses are assumed to be negli-
gible. If necessary, this condition can be met by
making the angle petween the tip line and the stream
‘direction greater than the Mach angle (reference 3).

All 1ift is assumed to be carried on the wing.

(5) The tall srea 1s 25 perecent of the7wing area,

Speed

Figures 9(a) and 9(b) show the speed of two families
of ram-jet units with length-diemeter ratios of 10 and
.15 at an altitude of 60,000 feet, The speeds are plotted
with coordinstes of welgnt per unit power-plant area w/A
and wing loading V/Sw, where W 1s the gross weight,

A 1is the power-plant and also the fuselage frontal area,
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and- 8, 1s the wing area, The wing area used does not
include the arez projected through the fuselage. The
curves are for inlet and nozzle areas designed for the
speeds shown end the nozzles designs are uncc“premlsed
for other speeds, Weight per unit power-plant srea is
a quantity pzrallel to power loading for a conventlonsal
engine because the thrust and cower of =z series of geo-
metrically similar ram-jet units are prcopartional te
frontal area. The fact that power is propeértienal to
frontal area makes the speed cherts applicable regérdless
of the size of the units. Ne important scale effects
enter the pnroblem ss with the conventional airplane
'engine for which power per unit frontel area of the
engine is much greater in the larger units,

If the angle of attsesck of & wing in
sonic speed is too.greet, an excessive b
air stream occurs. The shock wave then d
the leading edge end forms a bow wave, and ©
inereases. At a Mach number of 1.5 tne high
able 1ift coefficient for circular-arc sectio
thickness ratio of 5 percent is spproximately
performence curves for this Mach number are &
terminated at a wing loading corresponding t
coefficient. The limitin~ velues are higher
Mach numbers and are off the charts.,

The use of the sveed chart will be illustrated by E

examples.

Example 1,- For a flight Meseh number of 2,0 what
is th®& most Tavorable wing loading and maximum total
weight that can be cerried by a rem-jet airplasne with
a power-plant area of 1 square foot at sn 4L+¢Lude of
60,000 feet? Solution: From figure 9(a) the most
favorable wing loading is 85 pounds per square foot end
the total weight may be llOL pounds if the over-all
length is 10 diameters. If the over-all length is
15 diameters, figure 9(b) shows the same wing loading
to be optimum and the weight to be 895 pounds,

Example 2.- Same as exemple 1 (wing leading #of
85 1b/sq 1t) except that the power-nlant area is .=

10 square feet. Solution: The uaxlrum welpht for
wld = 10:: 18 11,000 pounds and for 1/d = is
8950 pounds.
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Example 2.- What could the weight of the airplanes
of example I (wing loading of 85 1b/sq ft) be at
(1) 25,000 feet? (2) at ses level? Solution: (1) From
figures 9(c) and 9(d), 1990 and 1630 ‘pounds could be
supnorted at 35,500 feet, about an 80-percent increase
in carrying capacity. (2) From figure 9(e), 1900 pounds
could be supported at sea level.

Example l.- What could the welght of the airplane
be at 35,500 Teet if the wing loading were optimum for
this altitude? Solution: From figures 9(c) and 9(d)
at a Tlight Mach number of 2.0 and a wing loading of
270 pounds per square fdot, the weight capacities are
3550 and 2880 pounds. -

Range

Ranges obtainable by the airplanes for 1/d = 10
represented in figures 9(a) and G(c¢) are given in
figures 10(a) and 10(b) for tne same conditions of
operation; that is, for the same altitude, speeds, and
combinations of W/A and W/S,. These ranges are based
on the assumption that the fuel weight is 50 percent of
the gross weight. The range, however, is proportional
to the percentage of fuel carried and the ranges for any
other amount of fuel carried may be obtained by pro-
portion.

Example 5.- Find the range of the ram-jet airplane
of example I (wing loading of .85 1b/sq ft) if the fuel

load is 50 percent of the weight and 1/d = 10. Solutions

From figure 10(a) ‘the range at 60,000 feet is 1225 miles.

Example 6.- Find the range of the ram-jet airplane
of example 1 &t 55,500 feet altitude. Solution: From
figure 10(b) the range is 690 miles. !

Example 7.- What is the range at an altitude of
35,500 feet if the optimum wing loading is used?
Solution: From figure 10(b), at a wing loading of
270 pounds per square foot the range is 1225 miles, .a
value identical with that obtainable at 60,000 feet.

Example 8.- What is. the range of a sea-level design
similar to the airplane of example 1 if 50 percent of the
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weight -is fuel load? Solution: PFigure 10(c) shows that
the range at a wing loading of 85 pounds per sguare foot
has dropped to 190 miles. Sxtremely high wing loading
is needed for a more favorable range.

Effect of Wing Section on Speed

The total wing drag at supersonic speed is sub-
stantially the sum of the pressure drag due to wing
section, the pressure drag due to 1ift, and the skine
friection drag. If the drasg due to wing section is
reduced, the drag due to 1lift or weight cen be increased
8 like amount for a glven speed. Pecr thin sections the
drag of a symmetrical wedge section is three-~fourths
the drag of a double-circular-arc section, and the
section drag 1s proportional to tiie square of the section
thickness ratic. PFigure 1l1(a) shows a gain in carrying
capacity of 8 percent for a change from the circular-arc
to ths wedge section and 2 geain of 51 percent for a
change to zero thickness raetio. Filgure 1l1l(b) gives the
same percentage increasses in range 1if fuel load remains

50 percent of the gross weight,

Effect of Size on Performence

It has already been nointed cut that speed and
range are functions of the parameters W/A and W/Sy;
however, the possible velues of W/A depend on the size
and propertions of the sirplane. The wvalue of W 41s
dependent on the fuselage length or length~diameter
ratio and also on the fuselage area A. Consequently
the ratio of W to A 1is also dependent on A. BRecause
of the relatively small wings of a supersonic airplane,
W depends on the wing erea to a smaller sxtent than on
the fuselage size. The weight depends. on, first, the
structural weights and, second, the available space for
cergo and the cargo density. In order to obtalin some
idea of the variation of W/A and /S, with A,

structural weights were roughly estimated and a cargo
of a derisity equsl to that of fuel, or LS pounds per
cubic foot, wss =ssumed to occupy 2all available space
in both wing and fuselage. No allowance was made for
metal-wall thicknesses in computing cargo space. The
manner of estimating structural weights and volumes is
described in appendix B. The resulting values of
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fuselage area, which should be considered merely com~
parative because of the assumptions involved, are shown
by the dashed lines of figure 12 for length-diameter
ratios of 10 and 15. Values of W/A.  increase rapidly
with increases in. A.

Ranges &re camputed for the idealized case in which
no allowance 1s made for the weight of controls or fixed
equipment and the total cargo is fuel. Figure 12(a)
shows that the range increases na;keulv with an Ilncrease
i alie §lze parameter A, The al pldﬂe with the larger
over-all length-diameter ratio is smaller for the same
range. For example, the curve for a range of 1,00 miles
intersects the curve for a frontal area of 5 square feet
on figure 12(&a) and the curve for a frontal area of
2 square feet on figure 12(b)}. The limitation of cargo
space for fuel on & supersonic airplane is responsible
for the varistion of range with size and length-diameter
ratio.

)H*S}

Figure 13, which 1s plotted from the same compu-
tation as figure 12, shows how the range varises with
gross vweight and wing loading. The v\lues obtained are
only comparative. Figure 13(a) shows that & very large
gross weight corresponds to the lawbmr ranges #ox d
length-diameter ratio of 10. The HLleum weight is
160,000 pounds for the 1200-mile range. Figure 13(b)
qhows that the same range i1is obtainable at a gross
weight of 6%,000 pounds if the length-diameter ratio
is 15. It 1s concluded that the gross weights need not
be nearly so great to have good range for the larger
length~diameter ratio.

CONCLUDING REMARKS

Calculations for the supsrsonic continuous-~flow
ram-compression power plants demonstrate favorable thrust
and €conomy charactQWiqtics. For exanple, with a
cyllndrlﬂaT entrance pipe in which the normal-shock loss
occurs, a fuel-alr ra t:o of 0.0%%, a £light Hach number
of 2.0, and standard sea-ievel air density, the computed
thrust is 3000 pounds per square foot of cross-sectional
area and the specifxc fuel consumption is 0.65 pound per
thrust-horsepower~hour. Computations show that it is

possaible to operate a fixed design over a range of
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supersonic speeds and that the thrust cen be regulated
by chenging the amounu ol Tuel-dn jeeteds

Calculations made on simple pilotless airplanes between
flight Mach numbers of 1.5 and 1.0 demonstrate favorable
performance pOSSibllltleo. wor example, for a body with
a conical nose, a cylindrical body and a wing and a tail
of circular- arc sections and )-De“cent thCKREbS (EETRILE)
level-flight speeds up to a lach au.ber of 4 snd a renge
of 1200 miles were calculated.

Lanplev ifemorial Aeronautical Leb
National Advisory Committee
Langley rield, va.

cratory
o / et 3
Por Aeronauntiecs
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APPENDIX A

SUBSONIC CONTINUQOUS-FLOW

RAM~COMPRESSION POWER PLANTS

The subsonic power plant differs from the super-
sonic power plant in the shape of the entrance region
and the exhaust nozzle. Air entering a subsonic ram-
compression power plant is partly compressed externally.
The leading edge of the duct, or entrance lip, should
be rounded to prevent high external drag. Also,the
exhsust velocity is less then the local speed of sound
in the exhaust gases at discharge. If the duct were
frictionless and no heat were. added, the total pressur
(stagnation pressure) at exit would equal the total
pressure at inlet. Under these circumstances, when the
pressure of the exhaust gases I1s reduced .tc etmospheric.
pressure, the local Mach number of the exhsust stream
is equal to the Mach number of the entering stream, or
the flight Mach number. Both friction and hieat cause a
reduction in tetal pressure. The local Mach number of
the exhsust gases when expanded to atmespheric pressure
must then be less than the flight Mach number. The
subsonic power plant therefore requires a simple con-
verging nozzle rather thean the converging-diverging
nozzle of the supersonic power plant. The same
assumptions and methods of computing .performance are
used for subsonic power pnlants as for supersonic powsr
plants except that the incoming .air does not pass
through a shock wave.

Figures 1l (a) ahd 1L(b) show subsonic-power-plant
data similar to the siupersonic data of figure 3. Maxi-
mum thrust et a Mach number of 0,4 is 96 pounds per
square foot of frontal asrea. At a Mach number of 0.8
the maximum thrust is [0 pounds per squere foot, or the
thrust varies about as the square of the speed. The
thrust curve is very flat, so that V), may be -selected
from considerations other than thrust, such as low
combustion-chamber velocity, to simplify the burner-
installation problem. The fuel rate is proportional to
V), SO that the power plant is least econamical at high

values of V), .
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Nozzle=exit area (expressed as a fraction of the
combustion=chamber area) is the only significent area
in the subsonic rem jet, (The nozzle has no thraat,)
From the gtandpoint of control of the internsl flow, it
makes no important diflference what nart of the compres-
sion takes plece externally and what oert, internally.
The size of the entrance is therefore not critical. At
a given forward speed the value of v is determined

mainly by the exit area. Figure 1L(a) shows that, at a
Mach number of 0.l and an exit srea A, of 0.80, v),

is 110 feet per second and thrust is at its peak, At a
Mach number of 0.8 (fig. 1li(b)) the same exit again
places the thrust near its neak. From this observation
it is spparent that a given exit area gives nearly the
same power-economy compromise regardless of stream Hach
number. In other words, a subsonic ram-jet pawer plant
will operate consistently over a wide speed range. To

a first degree of aovroximation, the internal velocities
are proportional to the stream lfsch number, as is normal
for a2 duct system of fixed dimensions.

Figure 1li(c) shows, for a fuelwair ratio of 2.0%3%, the

maximum thrust and corresponding specific fuel consunpe-
tion at various subsonic Mach numbers. The upper thrust
curve shows the thrust available with an open-nose cowl-
ing and the lower one shows for zn extreme case the
penalty for rumning the air through a duct at high speed

Vo "

7 = 0.8). The duct has a length giving an over-all
1/d of 10. The specific fuel consumption for the sub-
sonic ram jet is extremely noor; the specific fuel con-
sumption has e value of about i pounds of fuel per
horsepower~hour at a lach number of 0.8 and increases
without limit as the speed decreases.
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APPENDIX B
CONDITIONS USED IN ANALYSIS

The conditions used’'in the analysis are listed in
detaill below and their anvlications are demonstrated in
apoendlix Dy

(l) ne-dimensional-flc ¥ theory 1is assumed to hold
cie ,

with suff nt accuracy.
¢2) The fricticn nressure drop in the entrance pipe
(1£ one 1s used) is comouted with e friction factor
&= 0e00% 1n the expresgion Apf = Lf 23 A5 2 where
| h2 3 7
2 3/ is the entrance-pipe length- diameter ratio and
a5 z iq the average dynamlc pressure in the pipe. The
2

flow is compressible and the momentum pressure drop 1s
cgamputed. A friction factor f of 0,003 1is used for
all external surfaces in addition to pressure drags

(3) The instantesneonus values of the ratie of specific
heats « used for air and for the products of combustion
are given in figure 15(a). The corresponding average
values between 0° F absolute and the temperature in
gheation % are given in flgure 15(b). The values of
the gas constant used for the products of combustion arse
given in figure 15(c). These values are computed from
specific-heat equations and constants obtained from
reference 5.

(L) The expending (subsonic) diffuser used with
the pipe entrance is assumed to have a total-pressure
recovery equal to 90 percent of the reduction in dynamic
pressure through the diffuser.

(5) The fuel is added at the enfrdnce of th
bustion chamber. The momentum required to bring the

fuel up to combustion-chamber velocity 1s chsarged as a
momentun pressure loss.

a.,

(6) The friction pressure loss in the combustion
chamber is taken ss 10 percent of the average of the
initial and final dynamic pressures in the combusticn
chamber. /The lawer heating value of the fuel 1is
19, 000 BPltlSh thermal units per pound.
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(7) The heat lost through the combustion-chamber
walls is treated as a reduction in combustion efficiency.
The values of combustion efficiency assumed for various
fuel~-2ir ratios are given in figure 16.

(8) The exhaust nozzle is assumed to have a velocity
coefficient of 0.97 when operating st design pressure
ratio or e&s an underexpanding nozzle. No computations
were made for overexpanding nozzles.

(9) Performasnce data for & supersonic diffuser
capable of operating at Mech numbers at and above &S
were obtained from reference li. This diffuser is used
as the bBasis of performance calculations of power plants
with design Masch numbers up to 2.0, This diffuser has
a contraction ratio (ratio of entrence to throat area)
of 1.137, The included engle between the walls of the
centracting cone is 189, and the included angle between
the walls of the expanding cone is 29, The test values
of total-pressure-recovery ratio under the ideal
operating condition in which the normal shock wave is
located very near the throat is given in figure 17.

This operating condition is referred to herein as a
design® condition. Other positions of the normal shock
weve result in a reduced pressure-recovery ratio.

(10) For ram-jet motors having an entrance pipe and
operating st design speed, it is assumed thet a normal
shock occurs in the entrance end extends completely
across the pipe. The usual equations for & plene shock
disk are used to determine the velocity, pressure, and
density ratios ecross the wave. These ratiocs, shown in

figure 18, were obtained from reference 7.

(11) The length of the constant-diameter entrence
pipe is determined by subtracting the length of the
nozzle, combustion chamber, send subsonic diffuser from
the over-all length. For this purpose, the combustion-
chamber length is taken as 2 diameters, and the nczzle
and diffuser are sssumed to have cone angles giving them
an average slope of 1/10; that 1s, the nozzle and dif-
fuser lengths are five times the difference in their
respective inlet end outlet diameters, i

(12) For computing speed
(a) The wings ere assumed to have double-

circulsr-arc sections of 5-percent thickness ratio-in
the free-stream direction, except as otherwise noted.
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(b) Ackeret's theory of pressure drag 1is
pplied. : K -

i (¢) The tail surfaces have an
25 percent of the wing erea snd have th

o {d) The conical nose has a Lalf-en
5475 or 0.1 redian. The equation

e
used to estimate the n”e“sure drag of the no
applying to the conicel nose of a very point

I
2/ 2
a<f (vfe)¥ -

SRR
CD = a loge

where
CD drsg coefficient bssed on frontel srea
a half-angle of cone, radisns

v/c flight lMech number

The drag equation for a pointed cone wss used In the
computations because no equation for the dreg of an
open-end conical nose was avallable at the time the
computations were msde. Actusl nose drags would be
higher than those csalc uleted by the ﬁOﬂer,ina eguation
because the flow 2t the air entrance becomes two-
dimensional,

(13) For computing renges the fuel weight in most
instances is taken as 50 nercent of the gross weight.
In some instances the proportion of fuel weight is esti-
mated by first estimating the structursl weights and
volume eavaillasble for fuel storage. For this purpose
the wing is chospn with an aspect ratio of L, a design
load fectur of l, a thickness ratio of 5 vercent, and a
teper ratio of 2.5. The wing weights obtained are shown
in figure 19. The wing volumes for an aspect ratio of
and taper ratio of 2.5 are shown in figure 20(2). The
volumes are those generated by the wing sections; no
allowance has been made for metal thickness. 1In calcu-
leting the aspect ratio, only the area and span extending
outside the fuselage are used, Pigures 20(b) and 20(c)

| give volumes of wings with aspect raties of 2.0 and 1.0
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and infinite taper ratio (pointed tips). Tail weight

is taken ss 15 percent of the wing weight, Fuselage
proportions used are aporopriate for e design Mach number
of 2.0. The fuselage is 2ssumed to be built of dural-
umin, but the combustion chamber and nozzle are of
steel. The fuselage-wall thickness 1s given in figure 21

as a function of the diameter,

-
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APPENDIX C
LIST OF SYMBOLS

coelfificient of X° in quadratic esquation

ax2 + bx 4+ @ = 0

projected frontal area of power plant or fuselage,

gg 't
arca of alr-duct entrance, sg ft

projected frontal anres of cone, sq ft (A - A.)

coefficient of x 1in quadratic equation

speed of sound, fps; also constant term in
quadratic equation

ratie of friction pr
chamber to sversg

=

W

X

D 0
U
g

3
£
1=

drag coeffleient

pressure drag coefficient of nose
pressure drag coefficient of wing
11Ft coefficient

nozzle velocity ccefficient.

diameter of cylindricel fuselage, ft

diameter of air-duct entrance, ft

frietion factor
ram~-jet thrust, 1lb

acceleration of gravity (32.17 f£t/sec®)

25
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stagnation pressure, -1b/sq ft

lower heating value of fuel, Btu/lb
mechanical equivalent of heat (773 ft-1b/Btu)
over-gll length, ft

length of entraence pipe, ft
length of conical nose, ft

static pressure, 1lb/sq ft

friction pressure drop, lb/sq it

dynamic pressure, 1lb/sq ft (
(H

impact pressure, 1lb/sq ft D)

range, miles

gas constant for air (53.3 ft-1b/(°F)(1b))

gas cons Qnt for products of combustion,
PE=1b/("F) [ 1p)

area of fuselage surface, sq ft

wing area, sq ft

temperature, °F

temperature, °p abs.

alr or gas speed, fous

speed of ram-jet airplane, fps
weight of fuel, 1b |

gross weight of ram-jet airplane, 1lb

weight rate of air flow, 1b/sec
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weight rate of fuel flow, lb/sec

half-angle of conical nose

half-sngle between upver and lower wing surfaces
at leading or trailing edge

ratio of specific heat at constant preésure to
specific heat et constant volume

average value of & Dbetween 0° F -ebs. and temper-
gonre U

combustion efficiency
subsonic-diffuser efficiency

mass density, slugs/cu ft

Subscripts denoting stetions along power-plant duct:

X

2

S

O

free stream
entrance

end of cylindrical entrance pipe; entrance to
it fuser

end of diffuser; entrance to combustion chamber
end of combustion chamber; entrance to nozzle
nozzle throat

end of nozzle
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APPENDIX D
METHODS OF CCMPUTATION

The method of . computing thrust, maximum temperature,
end nozzle throat and exit area is described below and
an example l1s calculated in table I. The solution for
these guantities, in general, involves the computation
of the velocity, pressure, density, and temperature at
each of the significant stations. For exesmple the
velocity, pressure, density, and temperature are known
at station 1 in free air and are computed in turn at
stations 2, 3, Iy, 5, and 6 (shown in fig. 1). The first

ase considered is a ram jet with a vipe entrance and a
plane shock just inside the entrance, the position of
the shock wave for minimum internsl loss. Figure 13,
obtained from referencs 7, shows Mach number nlotted
against V2/Vl’ the ratio of weloclty after the shock
to the velocity before the shock. The velocity before
the shock is the speed of the ram-jet airplane or the
product of its flight Mach number and the speed of sound

vl = Mach number x cq

n figure 15 sre the ratios

2

‘_Jn

Also plotted agsainst v?/v1
of pressure before and after the shock p2/pl and of
density before and after the shocl p;/pl. Therefore,

with initial or atwmospheric conditions given, the state
of the air after the shock wave in the tube is determined
completely. The temperature is obtained by the gas law

g re 1

The flow through the straight pipe may be solved
graphiceally or by means of the approximation that the
friction pressure drop is »rcportionel to the product of
the friction factor, length-dismeter ratic of the pipe,
and the mean dynamic pressure

l Qs %9
Apf:uf pd 2 5 (2) .
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where

The suoscrlpt 2 refers to a point near the entranrc

behind the shock wave znd %2 refers to the exit. The
laws of energy, momentum, and mass then vield a solution
Ror &
5
by B paie
-bz -\ b - 4c
Vg B ves g 2 {54
E a
where
2-‘- ?*p / 7\‘ ] z
b, = i o it N L (e)
> o 2\ - \ d 2J
B et 1 2.2 A
- /.
@ - 1 26 o D ;

and ¥ 1s the average ratio of specific heats for air
between an arbltrary temper“Llre datumn and the temper-
ature at the station dencted by the subscrint

(FIg-15(b) ). When Lecz 1s equal to b 2

at station equals the speed of sound, or choking
- 2 %

sceurs. A value of kc larger than b% signifies
that an impossible flow condition has been assumed. A
shorter entrance pipe is ocne remedy for this situation.
The density at station %X mey be obtained from the con-
tinuity relation
: PV )
e = (4)
;N %
o

The pressure et stetion % may be obtained from the
equation of momentum

Py = Py = P,VH{ 3; Vo) - Apg (5)

» the velocity
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The temperature is obbtained by the general gas law

where Rg 1s the gas constant for alr.

Next the flow through ths diffuser must be deter-
mined. If the subscripis 3 and Il denote the entrance
and exit of the dirffuser, reupﬂctlxely, the equation
expressing the total-pressure recovery as a percentage
of the reduction in dynamic pressure is

Ef = Hj
ng = 1 - : (7)
S e Oy
2 L.
where 13 1s teken as 0.90 in the cealculations. The
stagnation pressure at station %.1s given by the
expression .
Y3 -
gy |
28
| B
B o) §l % - =1\ - (8) .
7 2 e Cz
2
and
z = H - D=
q./} 5 +
g Hu and q, are written in the incompressible form

because of the low velocity at station lj, the pressure
at.this station becomes
2
PLYIL )
=" EL o - - - T T - T T i
Ph_ 3 Na 5 ( ﬁa) (115 PB) (9

The combustion-chamber area is always taken as unity.
The continuity relation gives
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The equaticn of conservation of ensrgy is

& P e 4B
" e 2 % -
s + v = 7 + ¥ { 1)
i Ghe ‘expressions for p and p from equations (9)

and (10) are substituted in equatign (11), the walue
of 'vh is given by the quadratic formula

I
=-bj o+ \/1 T e e
e oot ) -

v 12
where
_ p |
g = T-‘d __—--—-——-———-L" =i ; (l?ﬁ)
e YLL -1
L A e
ek B (L R (et
] ;
", i
On P ,
c); = = 22 23 4 4 2 (12e)
Yo = # '

The -velccity, density, pressure, and temperature at
station 4 are determined by equations (12), (10), (9),
and the genersl gas law

T = ph

L ptha

o
AN

Next the flow through the unit-area contbustion
chamber must be considered, ILet W be air flow and

a
W, be fuel flow, both in pounds per second. The
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equation of continuity is

B¥s. S BLYy Y
Qr

. ), Wig + We _ l
fe. 5 B, ;;‘““EET—" & (14)

The momentum equation is

‘\Nf c
C +( e |y ped } o = =

where % (qh + q;> is the friction pressure loss.

Solving for p5 gives

N W, + We
C G a I
By ® B + pLLVLLZ /1 v E’.\ - P ), Vs <1 + L_J-) . |15

} |

The walue of € that has been used i1se 0.1. The equation

of conservation of energy is

s 2) 2
Y Pg ¥ Fp P v,
_5 gg +§ @E+wﬂ== (: - j @a+w§+J( )y
=) 6P g > e
Ll \y // 2R), <&
where
J mechanical equivalent of heat (778 ft-1b/Btu)
B Vi assumed lower heating value of the fuel
(19,000 Btu/1lb)
N combustion efficiency (fig. 16)
% average for products of combiustion

Substituting pg and Pg from equations (1) and (15)

into the energy equation gives the sclution for the
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velocity at exit from the combustion chamber as a quad-
ratiec equation with B =1

—b5 - v’b5.i~.héi

¥ = > (16)
where
2—- y B I —
e & _Ta {—pu T 9) (16a)
/1 + 9\ + 1 Wa i Wf!phvh- \ u

- ﬁ+9 +1
oIy 2) [

(16D)

y5- 1 i'a?a P), 5 13 K lOL‘(H.V.)nc
|
|

end ¥ 1is average for products of combustion
(fig. 15(b)).

s craphical solution for v is given in figure 22
for the values of the combustidtn parameters used in this
report. The gas law is sgain employed for the temper-
ature G

g
T = et (17)
A p;—;gRC

The equation used to obtein the critical pressure
at the throat is ‘

=<

il

g R

PN Y

B als L (18)
o + 1 iy + 1} p5 '

For simplicity, + in equations (1€) and (19) may be
taken for the tempereture at the end of combustilon,
(fig. 15(a)). The other values at the throat are
obtained by the following equations:

p

£
O
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A [ iser ke
P6 ¥
g = 7 o
X3
r‘ i
1 Pgvs©
= 2 + 6 i) 5 5 (19)
2 L ey BE e
Lad b &
Pg
T St 20
Py T, (20)

where & is instantaneous for products of combustion

(fig. 15(a)). The continuity relstion between stations 5
and 6 is

A6 pf)vE : -

LT 2
AS QéVé (2 )

N

~

The conditierns at stetion 7, th
obtained in a similer manner. The ¢t
iz
is

e nozzle exit, are
emperature at
nstantaneous value

used. The fol-

station 7 is first guessed and the
of s for the averesge temperature
lowing equations. are used:

i -1
Yﬁ 7
RN
T_ =T (_Z; Il (23)
i 5\?5,/
) /.'1—; T ’Y'7T\ y f
Vs = Cv /2ch[-—- 5 5 3 7 | 7 b (2)4-)
7 v ."|¥ e - 1, 5
o D% 77 -
where Cy 1s a velecity coefficient alloWing for frice

tion in the nozzle. The value e 0,97 was used for
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under-expanding and design-pressure- ratlo nezzies. W hhe
den81ty at station 7 is

P
Py = R ¢ | naeh
g e
and the area is given by
e s | (26)
T 1

The expression for thrust consists of three terms; the
first gives the thrust fprom the acceleration of the air
mass, the second gives the thrust from the acceleration
of the fuel mass, and the third becomes effective 1if the
exhaust pressure is shove atmospheric. The thrust per
squere foot of frontal: area is

coil : PLvL e

—_— = - y / - ____{_ =)
a WL ) - i,/0 6 - (P T Pl

Supersonle Diffuser

A eonverging-diverging supersonic diffuser may be
uged in place of the inlet pipe and subsonic diffusens
Available dats are in the form of a total-pressure-
recovery ratio for the csse in which the dynsmic pressure
after diffusion is negligible so that the total pressure
is equal te¢ the static pressure. In the present case
the dynamic pressure after diffusion (station l) is
small but not negligible. The total pressure Hu is

given with sufficient accuracy by

3 ey
oy V
g g |1

n |-

B =
b T

o

o Vg

|
1
e
oy

1 /a
AN




36 NaCia aCR No. L6D17

By

The test values of =— available (fig. 17) should hold
¥ !
with good accuracy in this equation as long as %phvug

is not large. Substituting

P
= s
"L BRgT),

and solving for pu glves

e

I

(a7}

28R8Th

The temperature is obtained from the energy relation

2 —
v s Mgl BT R ¢ L

T . " (30)
1 2 T
b I 28 YuRa
By continuity the supersonic entrance aresa A, 1s given
by
A2 DL}.VJ.l
el (51)

The velocit S is chosen or a series of values are
i

investigated. The equations are applied inthis order:
(30), (29), (28), (31). Equations (28) to (31) can
easily be transformed to yield VM when Ao is given.

E&

H
i
behind the section of smallest diameter (throat). This
shock-wave position gives the highest diffuser efficiency
possible. The efficlency obtainable depends on the con-
trection ratio, which is the entrance area divided by

The value of 1s given for the shock wave just
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the diffuser-throst area. Figure 17 (from fig. 8 of
H

reference l) gives values of ﬁ% for a contraction

ratieo of 1.137. There is & lower limit to ‘the Me

number, at which the flow can be started with a g

ganeraction ratlio., The curve i1s ended at the Ldm

Mach number.

ch

ive
d6

Speed

2

The wing drag is calculated for double~circular-arc
airfoils by Ackeret's theory. Using- B to represent
the half-angle between the upper and lower surfaces at
the leading or trailing edge gives as the Po”hula for

he pressure-drag coefficient of the wing

5 B i
b B > V(y/e)2 - 1
CD = 5 _____?.__. e o CL - (52)
w ./(V/C)_ - 1 Llr
and
W
£, i e
E‘WV

An aonroximate formula used for pressure~drag coefficlient
ef" the conical nose based on wing area.is ~

A :
& = q2-:£ 10{3‘ LL (%5)
Dp S i 2 2 7! i

a !(V/c)‘ - 14
where
o} half-angle of éone
wing area
SW g

A projected frontal area cf cone (A - A2)

A frontal area of c¢ylinder

A entrance area




38 NaCi 4CR No. L6DLT
An expression for the surface area of the cylindrical
body and conical nose is

gl -k Vel

g =
8, = Wd(L - zn>+-w——§——— b

where

[ over-all length

Zn length of nose

d diameter of cylinder

d2 entrance diameter

Putting

gives

The friction-drag coefficient is taken as 0.0060 for the
wing, and the fuselage-surface friction-drag coefficient
L
based on wing area is 0.00BO§£. Tail-surface shape and

W
friction drag are considered to be 25 percent of those
for the wing, so that the corresponding terms for the
wing are multiplied by 1.25 to allow for tail drag.

Equating thrust to drag for a unit with A as frontal area

in square feet and utilizing the foregoing expressions
for dreg coefficient gives
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BB ( 6

AAu 5 WV< + (e 25} (0s 0060

e s

5 \/v/c>

/w/SW < /( 5 Ap i

v/c)”
+/ + a = log —
{
\ oy L Sw Sl e )™ =14
5 ¥ £
S¢
+ 0.00}g; 2l1)

The required ratio A/S. may now be calculated for a
W 1

given flight Mach numbsr V/c and wing loading W/SW.

Rangs

The basic equation for range is the expression for
miles per pound of fuel

dR Miles per hour

== = — . - - (35)

aw Pounds of air per hour x Fuel-ailr ratio

In supersonic flight the inlet velocity equals flight
sveed Vl and the inlet density is atmospheric

density pl. With an entrance area A the weight

2’
rate of air flow in pounds per hour is

3600gp V1A2

Substituting this expression in equation (35) gives

60

dr _ V1 83
dw 3600E§91V'i A2

W a/ W
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and the flight speed cancels, so that

I fve

is

&,
w2 1
3

/
5,887 x 1076 | -;a—>

P14

v ratio and altitude are constant and w,. is

i
used to represent the weight of fuel, the range in miles
AN
g087 1% 10 \ T Mf
\"i;" z/

14
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TABLE I.- ILLUSTRATIVE EXAMPLE :
Given: l;gkiitn:mber = 263 = Py = 0.0007212 slug/cu ft )
A e = 35, t & <
combu‘:tion-zgazbor area = 1 sq ft P i >
Entrance area = 0.35687 sq ft vy = 2425.43 fps |
Length-diemeter ratio of entrance T = 392.6 °F abs. > )
pipe = 8.675 . Piel-Ar . ratio = 0,033 (>
From fig. 18, v_2 =0.300 °F v, = 727.6 fps -
Py 2 Py = 0.00240L slug/cu ft =
p—l- = 3.333 P, = 3462 1b/sq ft ? .
i |
p—i = 7.125 o ]
‘ Quantity Equation Equation Substitution Solution (@ |
number U ‘]
. 5 362 839.9 © =
| % P25, (1) (0.00240k) (32-17)(53-3) Pl Eer 2
x 4,62 .
b e (1 - = _(2)(1.398) b, 1 - (0.003)(8. (721.6 -3041.6
3 7 (1 +o0t) 41 [}2"2 i fd}v? oAl 1.398[1 + (2)(0.00%)(8.675)] + 1 |(0.00240L)(727.6) + L 3)8-675]] (721.6) b'
3 d)
[ Sk R (3) ip0 1 20.298) 32, (77.6)2 1,714,600
2 T(1+r2g)e1 \F5-1°2 1.398[1 + 2(0.003)(8.675)] + 1 [1.398 - 1 0.00240L i
| 2 St
by = \/bz" = le = - ~30L1.6)2 - 6
|‘ v e R A B 3) (-304146) - V¢ e L(1,71L,600) i
p v . .
b 352 W) 10.002404) (727.6) 003;1‘:17*.11 276 0.002340 slug/cu ft
P 2 2
| ap 20-2:2 (g, + q3) (2 2(0.003)(8.675) |{0:0020L) (727.6)° | (0.0023L0)(747.L) 67.2 1b/sq £t |
1 2 2 L) 2 2 ‘
o . = PV = V) = bp (5) 3462 - (0.002404)(727.6) (7h7.4 - 727.6) - 67.2 3360 1b/sq ft ‘
{5 2Rl Poio S s S £
LE (6) 3360 837.1 © 5 |
B P37 (0.002340) (32.17) (53.3) sl i |
¥
. 5 —LU — 1.392
Lo B ><12 (8) 1.392 = 1)/gh7.L)2| 392 - 1 |
Hs BENTZAS i 3360|1 ~< S ﬁﬂ—m i 4057 1b/sq £t
== |
% N (12a) 0.9./—2:398 \ _ bt |
® “d\_;h A ) (1398 - 1 s
i &, Hy - (L - ng)(8; - p5) (12b) 2(1.398) L4057 - (1 - 0.9) (4057 - 3360) L, 876
L R ) (1.398 - 1)  (0.002340) (747.L)(0.3569) it
H; p
—2 2+ v, A (120) &_m)__zzs_o_> 2
B T 1,398 - 1 (o.ooz;&o * (b 10,643,000 |
[ 2
by - Vb - beoy (12) -(-1i876) - V(-1h876)2 - L(2.16L)(10,643,000) A,
i 20, : 2(2.16k) S
PxAzV g
o Zvé 5 (10) (0.002340) (0.3569) (T47.L) 0.002602 slug/cu ft
L 239.9 |
NATIONAL ADVISORY i
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TABLE I.- ILLUSTRATIVR EXAMPLE - Concluded
wuantity Equation Ee;:g::n Substitution Solution
2
Py Hz = ng ﬂf% - (1 - nq) (H3 - p3) (9) LosT - 0—21———-15—}-9-3-“ CUREURIE - (1 - 0.9)(Lo57 ~ 3360) 3920 1b/sq ft
P 3 o
T PLERy (13) (0.002602 (32.17)(53.3) 678.6 °F wbs.
= E
¥ 2(1.351) 30 3920 ML =
v RS i e . T < : )] (16a) . + 39.9(1 70k2
5 ;5<1 g _g_) = w, 5 e [phvh Yl L 1) 551(1 + -°—i) 1 30 + 1|(0.002602 (2399 L
7. ol (r.v.)
e [_L By L 5 X 10HEV)ne 1350 -1 [201.383) _ 3920 , . 2, (50000)(13,000)0.91) 630,500
’ 75<1 : %) [, - 1% £y (Wg + We)/Wp 2 e 551<1 < 1Y, (138 - 1 0002602 © (289905 == somer1y/n 5,63k, 5
L
-p5 - |/b52 - Le ol - Vi-7042)2 - 00
v 5 25 5 (26) (-7042) - V(-7 h;; 145,63k, 500) 920.5 £ps
W w
o o % ‘—;—’: (1) (0. oozéoa)(920 2 20;) 0.0007007 slug/eu £t
a
W W
P ” + “u"uz( ; ﬁ) - sl E}L.—’ (15) | 3320 (0-004602)(239-9)26- %—‘) (o.uozsoz)(a59.9>(9zo.s)G*%X"’}—;i) 35T 10/09 £t
v 3L57 OF abs.
e o ik (0.0007007) (32.17)(53-73) 285l °F abs
T 1305
il Swi=al Pevst - P P e 1,305 - 1 (0.0007007) (520.5)2]1+305-1 oSt it
L K P AT T 1305 + 17 (1.305)(1.305 + 1) 3157 i
[ > y=-1 Pgve? 2 1.305 - 1 (0.0007007)(920.5)2
Te |=— —_—
Tg 5L R ) ——2-p5 (19) 4353[1.505 et T D) __l_iLUL} o 5) 2526 OF abs.
. (20) 2051
k6 BReTg (32.17)(53.73)(2526) 0.0004697 slug/cu ft
vé Tg8RcTg (21) W1.317) (32.17)(53.73) (2526) 2398 fps
p5v5 0.0007007) (
e P6v6 = (60000637 (23907 0:37e8
=)
! 1y -1
(23) Ligd
™ 285!;@%5—'72 113 1766 OF abs.
. c () 97\{2(54.17)(55.75)[1%?%{4%8%9 1——12%-(—‘1—?—1]» (920.5)2 390 £ps
— BS99 0.0001592 sl £t
&7 EReTy 250 (32.17)(53.73) (1766) e e
P5Y¥5 0.00070. 2|
/s P (25) {0-0001592) (3908) Le0
PLV] k 4
F/a, PyY(vy = v1) + rh./Tb;W * (pg - p;J'E (21) (0.002602) (239.9) (3906 - 2425) + 12:00260 Domza(oz/l‘?"m‘s‘ 30 100612b/8q £
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(a) Unit with diverging conical entrance.,

(b) Unit with cylindrieal entrance.

NATIONAL ADVISORY
(c) Unit with supersonic-diffuser entrance. COMMITTEE FOR AERONAUTICS

Figure 1.- Schematic drawing of supersonic ram-jet units.
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Figure 2.- Power-plant cycle. Pipe entrance; stream Mach number, 2.0
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Thrust per unit combustion-chamber area, 1b/sq ft
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Fig. 13a NACA ACR No. L6D17 .
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