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FOREWORD

The First Annual High-Speed Research (HSR) Workshop was hosted by NASA
Langley Research Center and was held May 14-16, 1991, in Williamsburg, Virginia.
The purpose of the workshop was to provide a national forum for the government,
industry and university participants in the program to present and discuss important
technology issues related to the development of a commercially viable,
environmentally compatible U.S. High-Speed Civil Transport. The workshop sessions
and this publication are organized around the major task elements in NASA’s Phase
I- High-Speed Research Program which basically addresses the environmental issues
of atmospheric emissions, community noise and sonic boom.

The opening Plenary Session provided program overviews and summaries by senior
management from NASA and industry. The remaining twelve technical sessions were
organized to preview the content of each program element, to discuss planned
activities and to highlight recent accomplishments.

Attendance at the workshop was by invitation only and included only industry,
academic and government participants who were actively involved in the High-Speed
Research Program. The technology presented at the meeting is considered

commercially sensitive, and as such, the his publication are
protected by the NASA designatio ]
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SUPERSONIC CRUISE

Significant advances in propulsion performance are required if supersonic
transport vehicles are to become an important part of the 2ist century
international air transportation system. The objective of the NASA Supersonic
Cruise propulsion research is to provide the critical propulsion technologies to
the industry in a timely fashion to contribute to the design of economically
viable and environmentally acceptable high-speed civil transport (HSCT).

510 Figure 1



HIGH-SPEED RESEARCH PROGRAM

The NASA Phase I High-Speed Research Program (HSRP) emphasizes solutions to
the critical environmental barrier issues associated with any future HSCT
aircraft. Two of these barrier issues - atmospheric ozone depletion and
community noise - are primarily propulsion issues and are addressed in the Lewis
portion of HSRP. The critical economical viability issues will be the emphasis
of a proposed Phase II HSRP, which could be initiated as early as FY 1992.

Figure 2 511



HSCT SOURCE NOISE CHALLENGE

The HSCT source noise challenge is illustrated in this figure. The jet
exhaust noise levels at takeoff and landing conditions must be reduced by 15 to
20 db relative to reference conic nozzle levels before any future HSCT can hope
to have noise levels below FAA noise regulation limits. At the same time, the
nozzle aerodynamic performance levels must be kept high if vehicle overall
mission performance goals are to be met. This combined acoustic-aerodynamic
challenge is often expressed as a ratio of decibel noise reduction to resultant
percent thrust loss. For a viable HSCT design this ratio should be in the
neighborhood of 4:1. As this figure shows, current technology would yield a
nozzle design with a ratio of no better than 2:1.

HSCT SOURCE NOISE CHALLENGE

NOISE
SUPPRESSION
/\ PNdB 10 -
LATEST TECHNOLOGY
s I PROJECTED TO FLIGHT \
0 k\ A \\:isssst:\\ \\\\\;::\\\\\
1 2 3 4 5 - 10 20

GROSS THRUST LOSS (PERCENT)
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LOW-NOISE NOZZLE TECHNOLOGY
ELEMENTS

The major elements of the source noise portion of HSRP are shown in this
figure. Heavy emphases are being placed in the first years of HSRP on computer
code development and validation and on subscale experiments to evaluate
potentially attractive nozzle concepts. The emphases regarding the codes is
again on applying available solvers for both nozzle aerodynamic flows and for the
acoustic signatures of the various configurations. The laboratory experiments
and computer code developments and the insights they provide as to the governing
fluid physics will be key inputs to the development of advanced nozzle
configurations that will meet the HSRP goals, both for aerodynamic performance
and acoustic suppression.

i

Propulsion Noise Reduction-High Speed Research Program
Elements

( Analysis & Prediction Codes | (" Aero/Acoustic Concept A

- 2D and 3D time dependent Experiments
aerodynamic codes

« Jet noise modeling

» Inlet & turbomachinery noise B
modeling QOO

» Source noise input codes for || Shock interaction MZX
\ system prediction and control

Enhanced mixing G)

e ] : i
Adv. Nozzle Configurations ) Noise vs Performance
f N (" Epector ™ ﬁ Component Evaluations
v, \ﬁg§§:f:h 30
D5V1 Noise, 20 |-
E: - 1/, APNLdB
N‘ L4 10 -
\_ )\ Subsonic cruise/takeoft ) , /Rjgj//gﬁ:
Inverted Ejector 0 LD
velocity Thrust
LA profile )
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HSR SOURCE NOISE REDUCTION PROGRAM

This figure represents the HSR Source Noise Reduction Program in a slightly
different or bar chart form. This represents basically the same information
identified in the elements figure but also includes the program major milestones.
The first darkened bar represents the whole program with major milestones shown
at the halfway point and then at the end. The next three bars represent the
previously identified activities including Aero/Acoustic Analyses, Aero/Acoustic
Concept Evaluations or Experiments, and then Subscale Nozzle Performance
Experiments with Advanced Configurations. Also included here is the activity
relative to engine cycle analyses to determine the cycle benefits to be gained
and overall aircraft system noise prediction (e.g., ANOPP). The HSR Phase I
program indicated here is a six year activity with major milestones again at the
halfway point at the end of FY92 and then overall at the end of FY95. The
milestones shown at the halfway point represent the completion of a series of
initial screening activities of either the advanced codes or the nozzle concepts.
The best of these concepts will then be researched in more detail through the
rest of program. Details of the activities occurring relative to each of the
program bars will be discussed in the various papers presented in this session of
the workshop including inputs from NASA, Industry, and an example of support from
the Academic Community.

HSR SOURCE NOISE REDUCTION PROGRAM
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NASA HIGH-SPEED RESEARCH PLAN
PROPULSION ELEMENTS

The roadmap for the propulsion elements of NASA’s overall High-Speed Research
Program is shown in this figure. HSRP Phase I efforts will result in
demonstrations of low-NO, combustor and low-noise nozzle concepts as well as
determination of preferred HSCT propulsion cycles. NASA’s HITEMP engine
materials program will provide the basis for the development of the advanced
composite materials required for the combustor and nozzle components of any
future HSCT engine.

The HSRP Phase I and HITEMP research results will be the inputs to the
proposed HSRP Phase II Program currently advocated by NASA. The propulsion
elements of HSRP II would demonstrate HSCT propulsion technology readiness
initially through large-scale testing of the critical components (inlet, fan,
combustor, and nozzle); then these components would be combined with an available
core engine in propulsion systems technology demonstrations at both Tow-speed
(takeoff) and high-speed (supersonic cruise) conditions.

The Enabling Propulsion Materials of HSRP II would demonstrate the materials
technology readiness through tests of an uncooled ceramic matrix composite (CMC)
combustor liner and a nozzle substructure element fabricated from an advanced
intermetallic matrix composite (IMC) developed in HSRP II.

NASA High-Speed Research Plan
Propulsion Elements

90 91 92 93 94 95 96 97 98
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HIGH SPEED JET NOISE RESEARCH AT NASA LEWIS
PROGRAM CONTENT

The source noise portion of the High Speed Research Program at
NASA Lewis is focused on jet noise reduction. A number of jet
noise reduction concepts are being investigated. These include
two concepts, the Pratt & Whitney ejector suppressor nozzle and
the General Electric 2D-CD mixer ejector nozzle, that rely on
ejectors to entrain significant amounts of ambient air to mix
with the engine exhaust to reduce the final exhaust velocity.
Another concept, the G.E. “Flade Nozzle" uses fan bypass air at
takeoff to reduce the mixed exhaust velocity and to create a
fluid shield around a mixer suppressor. Additional concepts are
being investigated at Georgia Tech Research Institute and at NASA
Lewis. These will be discussed in more detail in later figqures.

Analytical methods for jet noise prediction are also being
developed. Efforts in this area include upgrades to the GE MGB
jet mixing noise prediction procedure, evaluation of shock noise
prediction procedures, and efforts to predict jet neise directly
from the unsteady Navier Stokes equation.

High Speed Jet Noise Research
at NASA Lewis

Program Content
Noise reduction concept evaluation

- P & W ejector suppressor nozzle
GE 2D-CD mixer/ejector nozzle
GE flade nozzle

GTRI novel concepts evaluation
Shear layer modification

]

Analytical methods development
« MGB model upgrade |
« Shock noise prediction/evaluation
» Unsteady Navier stokes solutions
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2D P&W MIXER/EJECTOR AEROACOUSTIC NOZZLE TEST
IN THE NASA LEWIS 9x%x15 LSWT

Shown in this figure is an early version of the P&W developed
mixer/ejector nozzle. This nozzle was tested in the NASA lLewis
9x15 LSWT as a proof of concept test to evaluate ejector pumping
capability and noise reduction potential. Since this was the
first jet noise test conducted in the 9x15 wind tunnel, the test
also served as a means of evaluating the suitability of this
facility for jet noise testing. Results from this test will be
presented in the next two figures. Details regarding modification
to the design and follow-on testing will be presented in a later
paper.

521



2D P&W MIXER/EJECTOR AEROACOUSTIC NOZZLE TEST
IN THE NASA LEWIS 9x15 LSWT

COMPARISON OF MIXER-EJECTOR, CONVERGENT MIXER
AND CONIC NOZZLE NOISE SPECTRA

Typical acoustic results from the test of the P&W. mixer/ejector
nozzle are shown in this figure. One/third octave spectra from
the mixer ejector nozzle are compared with those from the mixer
alone and a round conic nozzle at angles of 70 and 130 degrees
from the inlet axis. These data can be used to assess the noise
reduction achieved by the mixer alone and from the addition of
the hardwall ejector. The addition of acoustic treatment to the
ejector wall would result in additional noise reduction by
absorbing noise generated within the ejector.

2D P&W Mixer/ejector Aeroacoustic Nozzle Test in
NASA Lewis 9x15 LSWT

Comparison of Mixer-ejector, Convergent Mixer and
Conic Nozzle Noise Spectra

Nozzle pressure ratio = 3.5 Nominal jet temperature = 900 °R . Tunnel mach number = 0.2

o Conic
150 — __ O Convergent mixer
A Convergent mixer with ejector
o .
o o 0©
180~ © 0008, - ° o
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CFD/TRANSLATING PROBE COMPARISON AND MIXING

Shown in this figure are results from a temperature traverse at
the ejector exhaust. The results indicate that gcod mixing
between the primary and the induced flows was achieved. Also
shown is a corresponding predicted temperature field at the sane
location. Good agreement between measured and predicted tempera-
tures was achieved.
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GE NOISE REDUCTION CONCEPTS

The main characteristics of two noise reductions concepts devel-
oped by General Electric are given in this figure. Details
regarding these concepts will be given in a later paper. The
first concept, like that of Pratt & Whitney, is mixer ejector
nozzle. The mixer nozzle is designed with convergent-divergent
chutes to minimize shock noise. The ejector, designed to achieve
60% pumping, will be acoustically treated to absorb noise gener-
ated within the ejector.

The second GE concept, the Flade Nozzle, is designed for an
engine cycle with reduced mixed exhaust velocity. The fan flow
from this cycle will be used to produce a fluid shield around a
mixer nozzle.

GE Noise Reduction Concepts

2DCD mixer ejector nozzle

« Mixer nozzle with C-D chutes *
« Acoustically treated ejector - 60 percent pumping

Flade nozzle

* Increased py-pass ratio (lower core velocity)
- Mixer on primary nozzle (no ejector)
- By-pass flow used for fluid shield
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NOVEL JET NOISE REDUCTION CONCEPTS
CIRCULAR NOZZLE WITH TABS AND EJECTOR

In this figure, acoustic results from tests conducted by Georgia
Tech Research Institute of a circular nozzle with tabs and an
ejector are shown. Previous results with tabs and a circular
nozzle have shown that the tabs can significantly enhance the
mixing of the nozzle flow with ambient air. By combining the
rapid mixing of the tabbed nozzle with the noise suppression
potentlal of a treated ejector, it is hoped that significant jet
noise reduction can be achieved with simple nozzle geometrles and
a short ejectors.

Novel Jet Noise Reduction Concepts
Georgia Tech Research Institute

Circular nozzle with tabs and ejector
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NOVEL JET NOISE REDUCTION CONCEPTS
COAXTAL RECTANGULAR NOZZLE
Another concept being investigated at Georgia Tech Research
Institute is the coaxial rectangular nozzle. In this figure, test
results show the noise reduction, relative to a conic nozzle,
achieved by using a dual flow rectangular nozzle. The concept's

success at supersonic flow conditions may indicate that it is
most effective in reducing shock noise.

i

Novel Jet Noise Reduction Concepts
Georgia Tech Research Institute

Coaxial rectangular nozzle
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NOISE REDUCTION BY SHEAR LAYER MODIFICATION

At Lewis, jet screech is being investigated as a means of excit-

ing the jet shear layer and enhancing the mixing within an

ejector. Enhanced mixing can significantly shorten the ejector or
provide more treatment length to suppress internally generated
noise. The effect of excitation on the directivity of the inter-
nally generated noise is also being studied. The effectiveness of
wall treatment within an ejector could be enhanced if the inter-
nally generated noise can be made to propagate toward the side

walls.

Noise Reduction by Shear Layer Modification

_-— Acoustic
lining

Ejector flow g — /) Modified noise directivity
N =

\6\)\/ 292:3

——Hot jet flow ) - - -

= o )

Normal noise dlrectlwty %

¥
-------

« Apply aerodynamic excitation principles to enhance mixing
and minimize performance penaity.

« Apply aerodynamic excitation principles to alter directivity
of internal shear layer noise to maximize liner effectiveness.
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JET EXIT RIG WITH TRANSITION FOR
AXISYMMETRIC NOZZLES

Shown in this figure is a schematic of the NASA Lewis Research
Center jet exit rig. This rig is designed for testing of both
NASP and HSR nozzles and is compatible with the NASA Lewis 8x6
and 10x10 supersonic wind tunnels and the 9x15 low speed wind
tunnel, the NASA Ames 40x80 wind tunnel, and the new Lewis nozzle

acoustic test rig.

Jet Exit Rig With Transition for Axisymmetric Nozzles

. ———Test nozzles

“: 2 - —Flow conditioning
=4 module

- Core flow combustor

LFlow measurement section

L Force
balance
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NOZZLE ACOUSTIC TEST RIG (NATR)

A schematic of a new nozzle acoustic test rig is shown in this
figure. The rig will be located within a 65 foot radius geodesic
dome. The dome is designed to minimize community noise problens
from the nozzle acoustic test rig and the adjacent Powered Lift
Facility. Acoustic treatment will be installed on the inside of
the dome to provide an anechoic environment for acoustic testing.
Forward flight effects will be simulated by means of a free jet.

Heated air will be provided to test nozzles by the jet exit rig
discussed previously.

Nozzle Acoustic Test Rig (NATR)

Powered lift facility (PLF) g—Micrbphone
research complex

- Dome wall

. ~— 65-ft radius
Ejector

acoustic
assembly - Diff ] dome
T iffuser  — Flow straighteners
Y /
\ / 424 ft Free jet
; y Mach No. = 0.3
: e
‘_.. - f_'—__:‘_:}___
= 4 “—Jet
, \ _ exit
! \\ s
“ Motive nozzles Plenum- ng CDo1.54567
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JET NOISE PREDICTION EFFORTS

Efforts at Lewis to improve the state-of-the-art of jet noise
prediction include the evaluation and improvement of existing jet
mixing and shock noise prediction procedures and the development
of new prediction procedures. Planned improvements to the exist-
ing, GE developed, MGB procedure include replacing Reichardt's
mean flow prediction method with the Parc code and adding non-
axisymmetric effects to the acoustic/mean flow interaction
radiation model. Shock noise prediction methods are currently
being evaluated over a range of jet Mach numbers and temperatures
both with and without forward flight effects.

P

In House Jet Noise Prediction Efforts

Improve jet mixing noise prediction
— Improve 'MGB' procedure

Prediction Procedure Elements

Mean flow Acoustic/

& Acoustic mean flow Far-field
turbulence ™ scaling [~ interaction/ ™™ noise
modeling propagation

Planned improvements

Replace Reichardt's Include
method wi*" non-axisymmetric
Parc «-e code effects

Evaluate/improve shock noise prediction
— Evaluate current shock noise prediction procedures

-~ Incorporate CFD predicted shock characteristics into
current shock noise prediction procedures
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MGB JET NOISE PREDICTION MODEL
WITH PARC AERO INPUT

Shown in this figure are typical results comparing predicted and
measured jet noise directivities for a convergent-divergent
nozzle at the nozzle design pressure ratio. The prediction was
made using the GE MGB method with aerodynamic inputs from the

Parc code.

MGB Jet Noise Prediction Model with
PARC-ke Aero Input

Comparison of Measured and Predicted Jet Noise Directivity

CD nozzle, ideally expanded

PR=313 T, =1736°R
Vo = 400 ft/sec

130 0 |
O MGB with PARC e b
[0 Data-NASA CR 168234

120 -

OASPL,
dB
110 k-
100 | | ] 1 1 ] | 1 ]

0 20 40 60 80 100 120 140 160
Angle from inlet, degrees

180
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HIGH SPEED JET NOISE RESEARCH
AT NASA LEWIS

SUMMARY
Significant progress has been made. High ejector pumping, neces-
sary for the success of ejector suppressor concepts, has been
demonstrated. Detailed designs have been completed for several
promising noise reduction concepts that are to be tested this

year. Other more novel concepts are being investigated. Initial
steps have been taken to upgrade jet noise prediction procedures.

High Speed Jet Noise Research
at NASA Lewis

Summary
« High ejector pumping demonstrated

« Two acoustically treated ejector/suppressor designs plus
fluid shield/mixer concept to be evaluated this year

« Other novel concepts being investigated

« Aeroacoustic prediction procedures being upgraded

532



Session IV. Source Noise

HSCT Nozzle Source Noise Programs at Pratt & Whitney
Alfred M. Stern, Pratt & Whitney Aircraft
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PROGRAMS AT PRATT & WHITNEY
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MAY 14-16, 1991

PRECEDING PAGE BLANK NOT BILMED
535



20dB JET NOISE SUPPRESSION NEEDED

Jet noise from the high velocity exhaust flow will dominate takeoff noise spectra of igh speed aircraft. Although
available noise suppression technologies can be used to quiet other engine noise sources, jet noise requires new,
unique developments in noise reduction technology.

With the resurgent interest in the High Speed Civil Transport, successful control of the dominant jet noise (along
with emissions and materials) has again been identified as one of the two or three technologies critical to a succes-
sful HSCT. Without an economically viable approach to FAR36 Stage 3 noise requirements, there can be no
commercial transport. Alternate means of meeting this noise rule (such as engine oversizing) have been shown
{0 adversely impact the system’s economics.

Recent low noise nozzle accomplishments at P&W and future plans are discussed in the pages that follow:

‘Turbomachinery
Turbomachinery
Core nolse {turbine) noise
& Choked Inlet
e Acoustic treatment e Alrfoll counts ® Suppressor nozzle

@ Acoustic treatment ® Cycle

HSCT NOISE SOURCES (™ EPNdB)

I r
| | |
2008 | | [ | |
| |
Stage 3
! a B
TOTAL TURBO  CORE
Figure 1
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EJECTOR NOZZLE TECHNOLOGY PROGRAM
NOISE REDUCTION VS FLOW AUGMENTATION

Jet noise suppression of magnitude 20 EPNdB will be needed relative to a unsuppressed exhaust system opti-
mized for performance only. The major low noise exhaust nozzle effort at P&W has focused on high flowing,
mixer ejector nozzle systems with secondary airflow entrainment levels as high as 120-140%.

Sinee the early days of supersonic transports, both Pratt & Whitney and General Electric Aircraft Engines have
been key participants in studies and evaluations of candidate HSCT exhaust nozzle concepts. Teaming between
P&W and GEAE to develop a HSCT propulsion system is a major milestone in the United States effort toward
a successful program.

GEAE have been looking at similar ejector systems, trading reduced pumping levels for smaller diameter and
drag. The lower pumping alternative requires some modest engine resigning to meet Stage III. Having twolevels
of pumping under parallel investigation by GEAE and P&W provides us the opportunity to better understand
the range of ejector capabilities and assess them back-to-back in terms of overall installed performance. One
of our objectives is a down select decision to one common ejector type by the end of 1992.

-0

=124

delta dB

~-144
OUTSIDE
~16-
ENGINE
EXHAUST

~18- o
-204
_92] MIXER

EJECTOR

-24
. & T T T H T T T T T T T T T

20% 40% 60% 80% 100% 120% 140%
PERCENT PUMPING (Wg / Wp)

Figure 2
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MIXER EJECTOR NOZZLE
TECHNOLOGY CHALLENGES

One major noise challenge to a successful mixer ejector nozzle is good aerodynamic design. The major benefit
for the ejector comes from reducing overall jet velocity from over 3000 ft/sec to something near 1500 ft/sec, while
maintaining thrust. The process of mixing tertiary air with the high velocity primavy exhaust flow, however, pro-
duces its own noise. This mixing process must be optimized to 1) minimize the internal noise generated and
2) produce this noise in a form more easily attenuated by acoustic liners in the gjector shroud.

Acoustic liner technology capable of effectively attenuating the internally generated noise within the highly tur-
bulent and high velocity and temperature environment of the ejector must also be developed.

Internal expansion ratios can be quite high causing internal shocks with associated shock noise. This also needs
to be addressed in the mixer and ejector’s aerodynamic design.

Economic viability demands additional considerations such as nozzle performance over the full aircraft operating
range and advanced enabling materials.

NOISE
1. EFFECTIVE INTERNAL MIXING
» 2. EFFECTIVE TREATMENT
3. WMINIMIZE SHOCKS
PERFORMANCE
OUTSIDE 1. CRUISE PERFORMANCE (Cy > .982)
AIR
2 SUBSONIC / TRANSONIC
ENGINE o

EXHAUST 3. TAKEOFF

4 REVERSE
MIXER MATERIALS
EJECTOR 1. HIGH TEMPERATURE

Figure 3
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1989 HSCT 2D EJECTOR MODEL TEST
IN NASA’s 9 x 15 TUNNEL

Since 1988, Pratt & Whitney has conducted two HSCT model ejector test programs and will soon begin a third.
The original HSCT high-flowing ejector designs were based on related programs conducted at United Technolo-
gies Research Center (UTRC) during the 1980’s.

P&W’s first HSCT ejector model program was conducted in NASA Lewis’ 9x15 low speed acoustic wind tunnel
in mid-1989. The 2D ejector nozzle hardware was jointly provided by P&W, UTRC, and NASA LeRC. Test
facility was provided by NASA and the data analyses were shared among NASA and P&W. The 1/10 scale (ap-
proximate) model was tested with and without the ejector shroud and over a range of ejector area ratios and
nozzle expansion ratios. A reference, conic nozzle was also evaluated to provide a baseline. Facility limitations
at that time restricted testing to 450F jet flow. Ejector shroud static pressure taps and an exit pressure and tem-
perature traverse were used to evaluate pumping and mixing.

Figure 4
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TERTIARY AIRFLOW
1989 2D EJECTOR TEST

Wall static pressure taps in the ejector shroud were initially used to assess secondary airflow levels (pumping).
These measured levels were later corroborated and calibrated using exit rake temperature and pressure tra-
verses.

Ejector area ratios (Amix/Aprimary) in the range of 3.77 to 4.7 were tested and goal levels of pumping were shown
to be technically feasible. When corrected to the engine temperature conditions of a typical HSCT engine, the
goal 0.6 corrected pumping level translates toan absolute pumping level of order 120% at HSCT engine exhaust
conditions.
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SHOCK NOISE DOMINATES 2D EJECTOR TEST

With the 450F temperature limit, the 2D model noise data from the 1989 program was dominated by shock noise.
The measured levels for the reference conic nozzle were as predicted, verifying that the shock noise dominates.
Tunnel background noise was measured and did not directly prevent acquisition and credible data. Without the
higher nozzle temperatures needed to simulate realistic engine exhaust conditions (i.e.: jet velocity); the key,
jet mixing noise source was not directly observable. ,
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LESSONS LEARNED: 2D MIXER / EJECTOR IN 9’ x 15

Pressure and temperature traverses at the ejector exit indicated good mixing was achieved within the ejector.
Subsequent CFD analysis of the mixing region using P&W NASTAR Navier Stokes code showed excellent agree-
ment with the traverses. The predicted internal wall static pressure measurements made along the shroud also
showed excellent agreement with the NASTAR code.

In summary, the first HSCT model nozzle test showed that very aggressive pumping levels exceeding 120% (at
HSCT engine conditions) can be achieved with good mixing. Also learned was the effectiveness of CFD analysis
in assessing the mixing region. More realistic temperatures would be needed in future programs, however, to
obtain the proper balance between shock and mixing noise in far field noise measurements.

i
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1996 HSCT AXISYMMETRIC EJECTOR MODEL TEST IN BOEING’s LSAF

Based on the encouraging results from the previous year’s 2D ejector program at NASA, two axisymmetric ejec-
tors were designed and procured, one with deep penetration and one with shallower lobes. An acoustically
treated ejector shroud was also provided to evaluate the ability to attenuate internally generated noise.

The models were tested in Boeing’s Low Speed Aeroacoustic Facility (LSAF) in mid 1990 in a joint NASA/Boe-
ing/P&W program with the model hardware provided under NASA LeRC contract and tunnel time provided
by Boeing. The models were mounted to Boeing’s high temperature jet rig providing primary nozzle flows at
temperatures up to 1500F.

Figure 8
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AXISYMMETRIC MIXER / EJECTOR MACH CONTOURS -~ PEAK AND VALLEY ~ NASTAR
PRE TEST PREDICTIONS

The ability to successfully use P&W’s CFD NASTAR code to match the previous year’s model data in both exit
profile and internal static instrumentation lent impetus to a pretest evaluation of the axisymmetric model. This
analysis indicated two potential problems with the existing axisymmetric mixer hardware. Higher than expected
local expansion ratios at the mixer exit indicated the presence of strong shocks. Ejector exit hot streaks were
also projected at the core coming off the plug and near the outer wall at each mixer lobe. These hot steaks were
subsequently confirmed during the test by Boeing with their IR camera.

If present, the noise associated with these hot streaks external to the ejector would not be attenuatable with ejec-
tor acoustic treatment. The test, subsequently did show this ejector acousticliner to be ineffective with the exter-
nal hot streak dominating the higher frequencies.

Figure 9
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TERTIARY AIRFLOW OBJECTIVES ACCOMPLISHED
1996 AXI MODEL

While indicating mixing levels below target, the pre test NASTAR CFD analysis indicated design pumping levels
would be achieved. Similar to the previous year’s 2D model in the 9x15, the internal modz! aero/performance
data confirmed excellent agreement with the analysis and with our goals.
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JET NOISE SUPPRESSOR TECHNOLOGY
SUPPRESSION VS. NOZZLE PERFORMANCE

Inaddition to higher temperature capability, the Boeing facility also provided the opportunity to measure nozzle
thrust. When compared to the reference conic nozzle, also tested by Boeing, the gjectors showed only minimal
thrust decrease at forward flight conditions simulating takeoff. Even with the known aeromixing deficiencies,
the ejectors provided significant noise reductions.

Compared to previous generations of jet suppressor nozzles, the ejector concept demonstrated a significant tech-
nology leap forward in terms of noise reduction per pound of thrust loss.
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1991 PW / NASA HSCT EJECTOR MODEL NOISE PROGRAM

P&W and NASA are currently preparing to test the next generation 2D HSCT ejector nozzle in Lewis’ 9x15
tunnel during the third quarter of 1991. In addition to a new mixer/ejector design based of CFD tools, the use

of the NASA jet exit rig will provide both the higher temperature capability (1500F) and thrust measurement
capability lacking in the first 9x15 test program.

The current program is a joint, cooperative effort with P&W providing the CFD analysis, hardware being pro-
cured under contract to NASA Lewis, and using the NASA 9x15 tunnel and jet exit rig. Further, windows in the
ejector sidewalls will also be procured enabling NASA Langley to measure the internal mixing using flow visual-
ization techniques. The program is also being coordinated with GE’s 1991 2DCD HSCT ejector model program
covering a complimentary range of ejector design parameters.
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An understanding of mixing length and ejector acoustic liner quantity are critical parameters in the design of
a effective low noise HSCT exhaust nozzle. The upcoming 2D ejector model program in NASA Lewis’ 9x15 Tun-
nel will specifically address both of these technology issues. A range of mixing lengths will be tested utilizing

EJECTOR LENGTH STUDIES

both hardwall and treated ejector shrouds and sidewalls.
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HSCT LOW NOISE EXHAUST TECHNOLOGY PROGRAMS (MAY 1991)

Pratt & Whitney has conducted two HSCT model ejector test programs and will soon begina third. These eurrent
model programs are focused on the issue of ejector acoustic viability and noise reduction potentlal Also being
studied are needed mixing length and acoustic liner quantity.

The HSR Phase 2 program will carry the results of the model testing into a large scale demo program to verify
exhaust nozzle technologies in the more realistic size. A parallel materials program will provide for critical mate-
rials enabling a viable commercial nozzle.

One outstanding issue is ejector nozzle acoustic liner technology which is projected to provide almost half the
overall noise reduction from the mixer/ejector concept. Locally high temperatures, Mach numbers, and turbu-
lence as well as large spatial gradients present a technology challenge for acoustic liner which will be required
in the HSCT ejector. The section of candidate HSCT liner concepts will also be a key HSR Phase 2 element
in directing the nozzle materials effort and in the design of a demo engine nozzle. P& W and GEAE are in process
off jointly develop;ing a liner program to address these issues of acoustic liners in the unique environment of
the ejector shroud.
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Session IV. Source Noise

HSCT Noise Reduction Technology Development at General Electric Aircraft Engines
Rudramuni K. Majjigi, GE Aircraft Engines
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COMMUNITY NOISE SOURCES AND NOISE
CONTROL ISSUES

e TURBINE BYPASS ENGINE (TBE) NOISE LEVELS FIGURE 1

¢ JET NOISE CONTROL
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>}k NOZZLE DEVELOPMENT SCHEDULE FIGURE 3
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NOISE COMPONENTS TBE TURBOIJET

Unsuppressed levels for the Turbine Bypass Turbojet Engine (TBE) at each of the
certification points indicates the suppression needed to achieve FAR 36 Stage 3.
At sideline 20 EPNdB jet noise suppression is needed, at cutback 16 EPNdB jet
noise and 2 EPNdB burner noise, at approach 6 EPNdB jet noise, 7 EPNdB
burner noise and 10 EPNdB suppression of turbine noise.
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ENGINE CYCLE SELECTION AND NOISE

The engine cycle selection will determine the jet noise suppression required
from 20 EPNdB for the turbojet to less than 10 EPNdB for some of the low
specific thrust variable cycle engines. Undestanding of nozzle tecbnology to
achieve 20 EPNAB suppression is needed to understand the engine cycle /
jet suppression trades.

Variable Cycle Engine Developments

Air ~

BEST PROPULSION PERFORC%ANCE
. BUT REQUIRES 4 20 EPN
Turbine-Bypass | jer noise supPRESSION

Turbojet Engine

. NEXT BEST PROPULSION
First bypass R PERFORMANCE REQUIRES
Second bypass s~ 18 EPNJB JET NOISE
SUPPRESSION

Double-Bypass’
Turbofan Engine

-
Secondary
LOWEST PROPULSION intake dogr\ - —Cor%ﬂggss low
PERFORMANCE BUT REQUIRES —By
THE LEAST JET NOISE SUPPRESSION

Tandem Fan Concept -
High-Bypass Mode

FIGURE 2
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NOZZLE DEVELOPMENT SCHEDULE

Model scale nozzle development testing will continue through 1995 followed
by verification testing using a large scale demonstrator engine. Tests in 1991
include elements of the nearly fully mixed (NFM) nozzle, a variable
geometry version of the NFM nozzle and source diagnostics of the NFM
nozzle. Source diagnostics will include cross—correlation of far field noise
with internal velocity fluctuations.

NOZZLE DEVELOPMENT TESTING

TASKS 1990 H 1991 H 1992 s 1993 f 1994 : 1995

: MODEL SCALE TESTING ! :

NOISE TESTING o T Z i S T2 v

2 ; 3 14 5 61 1 8 9 : 10

a e P - T
: : : . LARGE SCALE
: H ' . . DEMO

VAR. GEOM. NFM LSAF o N '

SOURCE DIAGNOSTICS : C— : '

ENGINE CYCLE SELECTION . \V,

FIGURE 3

C-2..
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NACA NOZZLE DESIGN

A jet suppression test was completed on the Naturally Aspirated Co-Annular (NACA)
nozzle in 1989. The original design NACA nozzle aspirated 40% of the core flow. This
was increased to over 60% by using the turbine bypass air as a second ejector. The
core flow crosses over the aspirated flow into an annulus. This produces an inverted
velocity profile as a noise reduction feature. A large external plug was used in
addition.

FIGURE 4
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NACA NOZZLE TEST RESULTS

The mixing of the aspirated flow and the primary jet takes place outside of the
nozzle so that the primary stream is at full velocity in the initial mixing reglon.
This results in large noise reduction down stream but no reduction of high

frequency noise generated in the initial mixing region limiting the suppression

to 10 EPNdB.
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NFM NOZZLE DESIGN

One solution to the NACA nozzle limitation is to mix the aspirated flow inside
a treated ejector and Boeings version of this nozzle is called the Nearly Fully
Mixed (NFM) nozzle. This nozzle aspirates 100+ % of the core flow, fully
mixes the core and aspirated flows inside the ejector and minimizes internal
shock cell noise from the primary nozzle. The internally generated mixing and
shock cell noise is reduced with acoustic lining.

;i

Internally Mixed Ejector - Suppressor
Nozzle Concept

Secondary air

(100 + % aspiration)
Sound attenuation lining
(7-10 dB attenuation)

Engine
exhaust

. . LLow-noise
Mixing region mixed-velocity
(minimum shock cell stream

and mixing noise) (Vi = <1,500 ft/sec)

FIGURE 6
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NOISE VERSUS ASPIRATION RATE

Noise reduction of an aspirating nozzle has the potential of reducing noise to the
level of an equivalent nozzle with the fully mixed stream flow conditions. The
noise reduction potential of an aspirating nozzle versus aspiration rate is shown.
NACA nozzle and NFM nozzle data are also shown. Neither nozzle reaches its
full potential, the NACA nozzle because the streams are mixed outside the

nozzle and the NFM nozzle because some internally generated noise is still
radiated out.
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PEAK NOISE TEST RESULTS

The reference RC nozzle noise spectrum is shown at its peak radiation angle
(140°) compared to the NACA and NFM nozzles at their peak angles (110°%).
The high frequency noise reduction of the NACA nozzle is limitec because
the mixing takes place outside the nozzle. The NFM nozzle, with the longest
treated ejector, shows large noise reductions at all frequencies.

NFM, NACA, and RC Nozzle Noise Comparison

R // ol \
A s 0N

sound pressure level (dB)
"\\
/j

3
/ !l NFM—Ezzle i
‘/.4—04»-.——0””\0—‘\,/0-0-4
& \
10 100 1000 10000

full-scale frequency

FIGURE 3
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TEST TECHNOLOGY

» NOISE SOURCE LOCATION TECHNIQUES

» FLOW PARAMETER MEASUREMENT TECHNIQUES

» TECHNIQUES FOR CROSS-CORRELATION OF NOISE
WITH FLOW PARAMETERS

» FLOW VISUALIZATION TECHNIQUES

FIGURE 9
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NOZZLE TEST IN LSAF

A nozzle test in progress in the Low Speed Aeroacoustic Facility (LSAF) wind tunnel
at Boeing. The 9” X 12’ free jet nozzle is shown as well as microphone locations.
The translating elliptic mirror microphone is used to determine the noise source
location. Far field noise measurements are made at 20 ft. sideline distance with fixed

microphones out of the tunnel flow and within the flow with translating microphones
at 4.7 ft.
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SCHLIEREN PICTURES OF NACA NOZZLE

Flow visualization pictures taken by Jack Seiner’s group from NASA Langley
are shown. These pictures of the NACA nozzle test show the effect of

translating the outer shroud length on shock cell strength. As the shroud was
" translated the expansion ratio (A/A*) was changing.

SCHLIEREN RECORDS FOR
CONFIGURATIONS 2.3 AND 2.1

(NPR=3.5, M =0.23, TTPA=1000°F, WBP ON)

CONFIG 2.3 CONFIG 2.1

LS

+0.5"

_O.SVI

-1.3"

-2.0"

FIGURE 11
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CONCLUSIONS

%k AN HSCT WILL REQUIRE NOISE CONTROL OF SEVERAL NOISE SOURCES, |N PARTICULAR JET

NOISE, TO GET AIRPORT COMMUNITY ACCEPTANCE

*k ENGINE EXHAUST NOZZLE TECHNOLOGY DEVELOPMENT IS NEEDED TO ESTABLISH THE
PENALTIES FOR 20 EPNDB SUPPRESSION SO THAT ENGINE CYCLE AND AIRPLANE TRADE

STUDIES CAN BE MADE

* IMPROVEMENTS IN JET NOISE TEST TECHNOLOGY AND PREDIC‘TION TECHNOLOGY WOULD

GREATLY ENHANCE THE NOZZLE DEVELOPMENT EFFORT
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SCOPE OF RESEARCH

The following provides a summary for research being conducted by
NASA/LaRC and its contractors and grantees to develop jet engine noise
suppression technology under the NASA High Speed Research (HSR) program
for the High Speed Civil Transport (HSCT). The objective of this effort
is to explore new innovative concepts for reducing noise to Federally
mandated guidelines with minimum compromise on engine performance both in
take-off and cruise. The research program is divided into four major
technical areas as outlined below,

OUTLINE
A - JET NOISE RESEARCH ON ADVANCED NOZZLES

1 - LANGLEY AXISYMMETRIC MIXED FLOW NOZZLE
2 - PRATT & WHITNEY 2-D HYPERMIX NOZZLE

3 - HIGH TEMPERATURE EJECTOR LINERS

4 - BOEING NACA NOZZLE

S - LANGLEY FORWARD FLIGHT SIMULATOR

6 - LDV AND WATER COOLED PROBE DEVELOPMENTS

B - PLUME PREDICTION AND VALIDATION

1 - EVALUATION OF RNS TO BASELINE AXISYMMETRIC JETS
2 - AXISYMMETRIC PLUG VALIDATION EXPERIMENT

3 - EVALUATION OF COMPRESSIBLE TURBULENCE MODELS
4 - SHOCK/VORTEX INTERACTION STUDY

C - PASSIVE AND ACTIVE CONTROL

1 - NOZZLE GEOMETRY EFFECTS

2 - MULTIPLE JET INTERACTIONS

3 - CURVED JET MIXING

4 - ACTIVE CONTROL OF INITIAL JET SHEAR LAYER

D - METHODOLOGY FOR NOISE PREDICTION

1 - SUPERSONIC INSTABILITY WAVES

2 - NON-LINEAR WAVE INTERACTIONS

3 - COMPRESSIBLE RAYLEIGH EQUATION DEVELOPMENT

4 - PREDICTION OF NOISE FOR NON-ROUND JET GEOMETRY
5§ - LOW REYNOLDS NUMBER RESEARCH
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Al - LANGLEY AXISYMMETRIC MIXED FLOW NOZZLE

A dual co-annular stream axisymmetric nozzle has been designed (figure
la) and fabricated (figure 1b) to support HSR. The model was designed
with removable contour parts at the nozzle exit to accommodate a wide
range of geometries for concept investigations, including conversion to
single stream configurations. These removable parts are fabricated from
Haynes 230 alloy, which along with water cooling of. the non-removable
stainless steel nozzle duct, permits testing the model to 2500°R.
Depending on the nozzle geometry selected, the mixed flow model scale size
to full was designed to be between eight and ten to one.

The Jet Noise Laboratory (JNL) at Langley can supply two independently
controlled air streams (25 lbm./sec. each) to power the mixed flow model.
The outer stream is supplied by a Marquart sudden expansion propane/air
fueled burner, which enables testing to the 2500°R temperature limit of
the model at a nozzle pressure ratio of 10.5. Air supplied to the propane
burner is pre-heated electrically to improve combustor stability. The
inner stream is electrically heated (500 KW), enabling testing to 1460°R
with 2 lbm./sec. air to a nozzle pressure ratio of 10.5. 'Both inner and
outer flow stream air, fuel, electrical heat, and water -system are
remotely controlled using a distributive process system controller.

The design of a two dimensional mixed flow nozzle system, like that
shown in figure la, is currently in progress.

SUPERSONIC JET NOISE LABQORATORY
AXISYMETRIC SXTERNAL MIXING
CLASS I1I

PRIMARY - FLOW
HOT Gas

\_ SENER

I1C NOZZLE
ADARTCR

SECCMNOARY FLOW 7
COLD 5AS

AREA RAT

AREA RATIO = & SEC/ A FRIN Abius §2¥§§ §Ss T s
a - schematic of dual stream b - photograph of high radius
nozzle design concept. ratio mixed flow nozzle.

Figure 1. Langley mixed flow axisymmetric nozzle with removable high
temperature alloy nozzle parts.

611



A2 - PRATT & WHITNEY 2-D HYPERMIX NOZZLE

A sharp focus schlieren apparatus with imaging radiometer is being
developed at Langley to provide flow visualization for diagnostic
evaluation of individual mixer elements of the Pratt & Whitney 2-D mixer
ejector nozzle. This nozzle is scheduled for test later this year in the
NASA Lewis 9 X 1% foot wind tunnel.

As shown in figure 2, the model contains four mixer lobes. These lobes
were designed as convergent-divergent passages to minimize shock noise.
High temperature air (2000°R) is ducted from the NASA/lLewis hydrogen/air
fueled propulsion model through these mixer lobes. In addition to the
noise reduction produced by mass flow augmentation by the ejector, the
model additionally reduces noise through the creation of large scale axial
vorticity on the nozzle afterbody. The large scale vorticity accelerates
mixing of external air with hot flow from the lobes, thereby reducing flow
velocity and noise.

The flow visualization experiments will enable interpretation of noise
reduction to the flow physics inside the ejector. Figure 3 provides a
schematic for the sharp focus schlieren apparatus being assembled for the
NASA/Lewis tunnel. The designed of this apparatus is based on the methods

developed by Weinstein (1991). The optical axis is vertical. The
ejector’s flat sidewalls will be replaced with a set having optical
viewports. The optical glass is Infrasil 302, which transmits in the

infra-red to 3.2 microns. This glass can be ground to achieve schlieren
guality. A double pulsed ND-YAG laser with 35 mJ output in the green (532
nm) is the light source. This laser can be fired as a single shot laser
or synchronized externally at 30 Hz. to a video camera. The laser’s pulse
duration is 7 nsec, thus allowing instantaneous view of flow features.

Figure 2. Pratt & Whitney 2-D mixer ejector nozzle in NASA/Lewis 9 X 15
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A2 - APPLICATION OF SHARP FOCUSED SCHLIEREN

Flush mounted optical windows are being constructed for both the tunnel
floor and ceiling. The 20" X 24" crown glass floor window contains the
first schlieren grid and fresnel lens. The ceiling window is Infrasil
302. A f/3.6 lens with 6" clear aperture is mounted behind the ceiling
window. Based on the fixed distances of the model in the tunnel and the
optical aperture through the model, the £/3.6 lens was selected to produce
a sharp focus less than the 0.4 inch mixer lobe thickness. Flow features
beyond 1.25 inches cannot be distinguished with this apparatus. This
means that the schlieren apparatus will be able to isolate flow details
from a single mixer lobe. A rigid support mounted to the tunnel ceiling
is used to support the second schlieren grid, image plane viewfinder, 70
mm film and video camera.

Radiometric measurements with a dual 1imaging radiometer will be
conducted using the same optical access ports. The radiometer contains
a narrow band filter centered at 2.6 microns to enable imaging of water
produced as a by-product of combustion between hydrogen and air. Because
the radiometer’s depth of focus exceeds that of the model iwidth, it will
be necessary to seed a given mixer lobe with CO,. Since CO, emits at 4.2
microns, both the model and ceiling windows will be replaced with sapphire
to conduct these tests. The radiometer is equipped with a narrow band
filter around 4.2 microns. Using this method, the mixing of a single
mixer lobe can be traced.

NASA LEWIS 9 X 15 TEST SECTION

lmage Video

) camera
Folding mirror—_ 2nd grid planeﬁ
g ™ 70mm film camera
f/3.6 6" aperture lens—\

1——Optical bench

-
A

’ - infrasil 302

Propulsion ,/ Ceiling acoustic
model / |
i Infrasil 302 pane
L - 4 Jet
& et ‘ centerline =
i “~~—Infrasil 302
gl
Floor | 1.5" thick crown glass window
acousﬂcnanerx\ //— (20" x 24") with first grid
; I ) and fresnel lens
\ Y /

Nd-Yaq laser - Diffused
m\ foiding mirror

i~

lL 1]  breadboard

Figure 3. Schematic of sharp focus schlieren apparatus for NASA/Lewis test
of P & W nozzle.
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A3 - HIGH TEMPERATURE EJECTOR LINERS

Application of acoustic treatment to mixer ejector walls has been
proposed as a method to achieve additional noise reduction. Both P & W,
GEAE, and Boeing have used ejector liners in previous suppressor nozzle
studies, achieving varying degrees of success. These liners have
typically been fabricated using a bulk absorber with perforated face
sheet. Little is known about the effectiveness of such a concept in the
presence of distributed broadband sources, whose locations and frequencies
depend on the mixer suppressor geometry. Temperature gradients and high
speed grazing flow with shocks provide a formidable challenge to existing
liner technology.

NASA Langley has begun an investigation of acoustic liners for the HSCT.
The study will use the JNL to study candidate materials in the presence
of high speed and high temperature grazing flows. In parallel efforts to
this effort, T.L. Parrott, of the Langley Applied Acoustics Branch, will
develop candidate materials for these studies using a flow impedance tube,
and Gary Settles of Penn State Univ. will evaluate the aerodynamic
performance of these candidate materials. '

The JINL studies will initially begin by using a small 2-D C-D 1460°R Mach
2 rectangular nozzle with ejector, as shown in figure 4a. The sidewalls
of the ejector are adjustable. The construction of this model is
complete. The aspect ratio of the nozzle is 7.2 to simulate two
dimensional wave emission. The sidewalls of the ejector contain optical
viewports to permit flow visualization. For large plume/wall separations,
it is possible to identify the emitted Mach wave angle to the impedance
boundary, provided no acoustic interaction occurs between the plume and
duct modes. This is illustrated in figure 4b, which provides indication
that in-situ measurements of material impedance will also be determined.
For small plume/wall separations the aerodynamic boundary layer over the
liner face sheet can be visualized. Both aerodynamic flow measurements
and far field acoustic measurements (ejector treated on four walls) will
be conducted to support this research.

NOZZLE

~ n— EJECTOR

T S — Entrained Flow C
1 -_— 1 —-’:—:1:::; ) T Mach 2 Jet i

- j—J__ ) {(1000°F) —————

| L S ———

A e [/ P
MOVABLE VISUALIZATION

a - model hardware b - experimental setup

Figure 4. Initial JNL study of acoustic liners for HSCT ejectors.
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A3 - HIGH TEMPERATURE EJECTOR LINERS

The upper and lower walls of the ejector will be lined with various
length and depth candidate materials being developed in the Flow Impedance
Tube Laboratory (FITL). Early concepts to be studied in the JNL include
investigation of ceramic honeycomb material with small diameter cells,
whose absorption is dominated by viscous dissipation. Such materials are
aerodynamically smooth and do not require a face sheet. Such smoothness
does, however, bring into guestion liner absorption capabilities at high
angles of grazing incidence. To achieve  broadband absorption
characteristics using ceramic honeycomb, both stepped and variable depth
liners will be investigated. A broadband liner material, Permabligue
(figure 5), will also be investigated. In addition to the ceramic
honeycomb, bulk liners using Kevlar with perforated face sheets will be
investigated to provide comparison to industry experience.

In the JNL, in-situ measurements of impedance will be conducted using
water cooled pressure transducers. This technology has been successfully
developed to enable measurement of dynamic pressure in high temperature
environments, as indicated in figure 6. To apply this technology to the
liner program will, however, require an investigation of the phase
characteristics of pilezorestive transducers. Similar measurements will
be performed in FITL, with eventual development of a theoretical model to
describe absorption behavior.

Fibesmetal Tacesheet
/— (low censtance)

\— Floermetai

"% diagonal
N (igh esistance)

‘- Tahd ‘aa:mmi Sheet
Figure 5. Permablique, a locally reacting acoustic liner with spatially
dependent frequency tuning.

Water-cooled dynamic
pressure transducer

nstrumented 7.39% aft-end model
(MIL pawer nozzies)

Water-cooled transducer
technelogy:

® Permits testing to jet total
temperatures ~ 1700° R

® Current tests to 1200° R

@ Applicabie to full-scale
testing

Figure 6. Water cooled piezorestive transducer for high temperature flow.
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A4 - BOEING NACA NOZZLE

In a joint effort with Boeing, a flow visualization investigation of the
Boeing NACA nozzle series was conducted in their LSAF by the Langley JNL
staff. The objective of the Langley effort was to assist Boeing with
analysis of the aerocacoustic data, primarily through acquisition of
flowfield data. For these tests both a conventional schlieren system and
imaging radiometer were used for flow visualization. Figure 7a shows the
NACA nozzle mounted in the Boeing LSAF. Both the imaging radiometer and
linear array are visible in this figure.

The naturally aspirated coannular (NACA) nozzle of Boeing is shown
schematically in figure 7b. Supersonic hot exhaust air from the turbine
is ducted to the outside duct of the nozzle. The outer stream shroud
could translate, thus providing an outer stream with adjustable area
ratio. Subsonic secondary air is entrained through the ejector and ducted
to the inner stream. The secondary air is augmented by air bypassed from
the turbine stage, since an HSCT engine should have margin at take-off.
The secondary air stream is unheated and subsonic. Acocustically, the
scaled NACA nozzle achieved between 9 and 10 EPNdB of suppression with
little performance penalty.

The conventional schlieren apparatus utilized a 100 nsec 10 kHz spark
source with capability of being fired externally to obtain conditionally
sampled data. A video camera was used to record data and post processed
using image analysis software. The most difficult part of the set-up
involved folding the optical axis with a mirror located in the upper left
hand corner of the forward flight nozzle. This requirement arises in LSAF
due to the proximity of the nozzle and forward flight nozzle to a wall.

a - schematic of NACA nozzle b - NACA nozzle mounted in LSAF

Figure 7. Boeing NACA nozzle flow visualization study.
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A4 - NACA NOZZLE SCHLIEREN DATA

With the schlieren data, it was possible to determine the optimum
location for shock free flow. This was determined to occur at the
translating shroud position L, = -0.5". The optimum shroud location was
found to be dependent on forward flight Mach number and turbine bypass
flow. Example schlieren results obtained with NACA 2.3 are shown in
figure 8. As can be observed, in addition to changes in shock structure,
the shear layer spread rate is very dependent on operational parameters
of the nozzle.

(M, = 0.23, TTPA = 1460°R, LS = -0.5")

NPR = 3.50 NPR = 4.35

(NPR = 3.5, TTPA = 1460°R, WBP OFF)
M, = 0.0 M, = 0.23

Figure 8. Schlieren data from NACA nozzle study.
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A4 - NACA NOZZILE RADIOMETRIC DATA

The imaging radiometer used in this study proved valuable in providing
information on the flow uniformity of the model and post merged regions
of the flow. The radiometer was capable of simultaneously imaging
radiation between 8 and 12 microns through one channel, and 4.2 microns
through a second channel with narrow band filter. The long wavelength
channel is used to image metallics associated with the nozzle, while the
short wavelength is used to image CO,, a by-product of the propane air
combustion. Figure 9 shows the degree of flow non-uniformity (later
traced to unsymmetric flow in combustor) and the enhanced mixing produced
by application of the turbine bypass flow. These results, which represent
an average of 100 consecutive frames, were obtained for NPR = 3.5, TTPA
= 1460°R, and LS = -0.5".

NACA 6 CONFIGURATION 23
8-12 MICRON, ¢ = 0.95

NACA 6 CONFIGURATION 2.1 (4.2 MICRONS)
WEBP OFF WBP ON

Figure 9. NACA nozzle dual wavelength band radiometric results.
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A5 - LANGLEY FORWARD FLIGHT SIMULATOR

A forward flight simulator with propulsion model is currently being
designed on a FY-92 CoF for installation in the NASA/LaRC Jet Noise
Laboratory. The simulator and propulsion model will complete all facility
requirements necessary for HSCT research in the take-off mode. Figure 10
provides a schematic of the proposed forward flight system and propulsion
model.

The tunnel is powered by a 10 ft. diameter two stage axial flow fan that
is driven by a variable speed drive with a 4000 HP motor. The fan is
capable of pulling 50" H,0 at 420,000 CFM. With a 4 X 5 foot nozzle exit,
this corresponds to a forward flight simulation velocity of 350 ft./sec.
The area contraction ratio of the nozzle is 11.25. The nozzle inlet duct
entrance is equipped with a honeycomb flow straighter and six continuously
woven wire mesh screens. The anechoic test section is 36 X 18 X 18 ft.,
wedge tip to wedge tip. The first diffuser utilizes a 2.5 degree half
angle with a 5 X 5 ft. throat. A collector is used to help recovery of
the free jet static pressure. A second diffuser, of 3° half angle, is
used to slow the flow for the final duct silencer. v

The propulsgsion model will have similar features to existing JNL nozzle
hardware, allowing existing nozzle parts to be utilized. The model will
house a burner capable of heating 10 lbm./sec of air to 2460°R. The
primary mode of combustion will be propane/air, with capability of
operating from a hydrogen/air supply. A single component balance will be
installed for rudimentary performance assessments.

/—rn.mzs e~ /—macumc TEST CHAMBER
: SILENCER Fan
o T ] AN
— NOTZLE DIFFUSER | [>T orrus
JAR—

PROPANE/AIR FUELED COMBUSTOR
T = 2500°R
Q = 420,000 CFM @ 50" WATER

V.. = 350 FTJ/SEC.

Figure 10. NASA/LaRC Jet Noise Laboratory Forward Flight Simulator.
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A6 - JNL LASER VELOCIMETER SYSTEM

The JNL laser Doppler velocimeter is capable of measuring 2 velocity
components. A schematic of the system is shown in figure 1la. The system
is based on a fiber optic LDV probe which allows the 15 watt argon-ion
laser to be located remotely (25 meters) from the test chamber so that
it 1s not subject to high intense noise fields. Figure 11b shows the now
obsolete single axis fiber optic system mounted in the test chamber. The
probe’s nominal dimensions of 3" diameter by 18" long. make the probe
easily mountable on the Laboratory’s 3 axis digital probe traverse
mechanism. At the laser end of the probe, there are four fiber ends for
laser beam transmission to the jet test cell. Two transmit 514.5 nm and
two transmit 488.0 nm. The optical components at the laser site allow for
color separation, beam splitting, and frequency shifting before
transmission through the optical fibers. In the test chamber, a lens is
mounted with a focal length of 600 mm., which will produce a minimum of
20 good fringes. The light scattered by seed particles entering the probe
volume are collected in the off-axis backscatter mode. Six inch diameter
collection optics are mounted on a movable platform that allows the
backscatter angle to be optimized for maximum signal strehgth. Off-axis
backscatter is generally superior for collecting light from small seed
particles. The seed particles used in the JNL for hot flows are alumina
powders with nominal particle size of 0.3 microns. Particles are injected
into the air supply line with a fluidized bed seeder operated from the
control room.

{BREEN)

a—— DICHNOIC MIRAOA .

OFF -AX1S COILECTION OPTICS
10 MAXIMIZE SIGNAL STRENGTH
AND MINIMIZE | ERGTH OF
MEASUNEME NT VO UME

PARTICLE DISPENSER
0 IMICAON SIZE A0,

ADJUSTABLE °*
BACKSCATER
ANGLE

FIBER OPTIC PNOBE FOR
TWE VELOTITY COMPONERTS
12entontovy

a - schematic of JNL 2-color LDV b - single component LDV in JNTC

Figure 11. Description of JNL laser velocimetry system.
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A6 - JNL WATER COOLED PROBE DEVELOPMENTS

Three types of water cooled supersonic probes were developed and tested
to study high temperature jet plumes. The probe types include total
temperature and total and static pressure. All probes were designed with
a diameter of 4.76 mm and a wall thickness of 0.38 mm. An annular coolant
system was utilized for all three designs, and proved satisfactory to
temperatures of 2460°R in Mach 2 flow. A three dimensional cut-away view
of the static pressure probe is shown in figure 12. A single center tube,
proceeding up to the backside of the tip, provides coolant water to the
probe. The water sprays the back of the tip, and symmetrically immerses
the region between the inlet water tube and inner wall of the probe as it
proceeds to the probe aft. Four tubes inside the probe serve to read the
average static pressure. The shape of the exterior probe geometry matches
that previously used with uncooled probes in the JINL. The total pressure
probe, not shown, is designed by similar methods. The total temperature
probe incorporated the annular cooling up to a region near the
thermocouple bead as shown in figure 13. The thermocouple bead is located
in a blackbody cavity and samples high temperature air, whose velocity is
controlled by the probe inlet and exit ports. The area ratio of inlet to
exit ports are selected to produce subsonic flow over the thermocouple
bead. A portion of the thermocouple sheath forms a liquid tight seal
between the test and coolant chambers.

Figure 12. Illustrated cut-away view of cooled static pressure probe.

Figure 13. Cut-away view of cooled total temperature probe tip.
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A6 - JNL WATER COOLED PROBE DEVELOPMENTS

The data obtained from the total and static pressure probes were found
satisfactory to temperatures of 2460°R in Mach 2 flow. The data from the
water cooled temperature probe, however, was affected by the water
coolant. This required the development of a phenomenological model for
heat transfer to the thermocouple bead to account for heat transferred to
the coolant. The rate of heat transfer to the TC junction was found, for
example, significantly higher with water coolant activated.

The heat transfer analysis developed a relationship between the
indicated probe bead temperature and freestream flow total temperature.
This analysis solves a heat balance equation involving radiative,
convective and conductive modes at the TC junction. The accuracy of this
relationship is shown in figure 14, which compares indicated and corrected
bead temperatures. The indicated bead temperature is represented by the
triangular and circular points. The circular points represent data
obtained at jet plume locations with known 1local total temperature,
whereas the triangular points represent data at unknown local jet total
temperatures. Comparison of the circular and triangular data points shows
the degree of departure from ideal response. The three known data points
were used to obtain coefficients for the heat transfer analysis.
Application of the model analysis, produces corrected temperatures that
appear to be in satisfactory agreement to the known jet total temperature.
This is indicated by the square data points.

-8~ Calibration points
1300~ —p— Bead
| -#— Calculated
12001 ... |deal

1100

Resultant
temperature, 1000
K
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800

700 800 900 1000 1100 1200 1300 1400
Jet total temperature, K

Figure 14. Calculated total temperature compared to indicated bead
temperature for variuos jet centerline temperatures.
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Bl - EVALUATION OF RNS TO BASELINE AXISYMMETRIC JETS

Numerical prediction of jet plume structure provides support for
theoretical and empirical based jet noise prediction methods. For
extremely complex nozzle geometry, like that of an HSCT suppressor nozzle,
CFD prediction of flow structure is essential. Prior application of the
PNS code SCIPVIS to a Mach 2 underexpanded axisymmetric jet provided
satisfactory agreement to measured data as shown in the plume static
pressure variations of figure 10. 1In this example, SCIPVIS is using the
kW two equation turbulence model. These results are encouraging, however,
several important deficiencies exist in applying PNS to more complex jet
flows.

The PNS cannot handle non-uniform subsonic external flow, large Mach
discs, multiple jets, or large scale 3D vortical behavior. All these are
important in application to HSCT. Even for the simple axisymmetric jet,
it is remarkable that the PNS could achieve such good success, since it
neglects all streamwise stress/diffusive terms. In a recent study, SAIC
finds that neglect of the streamwise terms actually produ¢e errors that
are compensated by those introduced by the gimplified treatment of the
subsonic portion of the shear layer. Their results show that pressure
variations in the subsonic layer, which are produced by shock/shear layer
interactions, influence the upstream development of the flow.

" MACK 2 JET

PRESSURE VARIATION
SCIPVIS — KW 20, ALON ey 50
p CONTOUR : v : ) SEINER DATA

- o= SCIPVIS, KW

[-1 N PP T U S SR U R VU P SR |
PRESSURE VARIATION

SCIPVIS - KW ALONG t/1; 5

¢ CONTOUR 20r )

y n |
0 0 - 20 30 40
0.0 10.0 20.0 30.0 40.0 L

Figure 15. PNS prediction of Mach 2 underexpanded jet with kW model.
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Bl - EVALUATION OF RNS TO BASELINE AXISYMMETRIC JETS

In the SAIC investigation of the Mach 2 underexpanded axisymmetric jet,
two RNS (Reynolds Averaged Navier-Stokes) codes, PARCH and CRAFT, were
studied using the ke turbulence model. The SCIPVIS code with ke was used
as a benchmark. The PARCH code uses an implicit central-differencing
Beam-Warming algorithm to solve the full Navier-Stokes equations. The
PARCH code contains blocking and complex griding schemes that make it
attractive for use with complex nozzle geometry. The CRAFT code is finite
volume with upwind numerics. Figure 11 shows a comparison between all
three codes in their prediction of the jet static pressure and total
enthalpy along the centerline of the Mach 2 underexpanded jet plume. As
can be observed, even though both RNS and PNS exhibit the same rate of
mixing, substantial differences exist between the codes with regard to
wave attenuation beyond the second shock cell. The CRAFT code produces

less wave attenuation than PARCH, but both RNS codes show significant wave
attenuation relative to PNS.

——— CRAFT
2.0 — = PARCH "
----- + SCIPVIS
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E—.——\,}ﬁ—-
\\\ -
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Figure 16. Comparison of PNS and RNS prediction of Mach 2 jet.
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Bl - EVALUATION OF RNS TO BASELINE AXISYMMETRIC JETS

In an attempt to understand the mechanism for wave damping, SAIC first
compared the performance of all three codes using laminar calculations
with thin shear layer. The results showed that all three codes predicted
the same overall shock structure, the CRAFT code showing the smallest
level of numerical dissipation. As a final step, numerical calculations
were made using the PARCH code with the full stress tensor retained and
with the streamwise viscous/diffusive terms dropped. #as can be observed
in figure 12, this has a profound influence on wave damping. Retention
of the full stress tensor leads to significant damping of the wave
structure beyond the third shock cell. This suggests that the turbulence
model used in the calculation is critical to achieving a satisfactory
prediction for plume shock structure. Thus at this point more research
is required on these 3D RNS codes before they can be reliably used to
assist in a shock noise calculation.
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Figure 17. Effect of streamwise viscous/diffusive terms on wave damping.
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B2 - AXISYMMETRIC PLUG VALIDATION EXPERIMENT

The axisymmetric plug nozzle represents a good candidate for validation
of CFD for HSCT applications. The internal boundary and large wall
curvature are all features that can be associated with a complex
suppressor nozzle configuration. The nozzle design  area ratio is
equivalent to Mach 1.5 at 2060°R. For the present numerical/experimental
program a plug half angle of 15° is initially being considered. . The plug
contains ventilation for boundary layver control to prevent separation and
for shock management. The geometry of the wall ports are selected to
minimize noise. The degree of ventilation can be controlled. Figure 11
illustrates the nozzle geometry. A removable hatch is used to enable
installation of various plug surface measuring devices. The plug is being
manufactured to include an non-instrumented and non-ventilated plugs. The
measurement methodologies to be utilized are as follows:

Plug Body PLUME ACOUSTICS
STATIC WALL PRESSURES TOTAL & STATIC PRESSURE FAR FIELD LINEAR ARRAY
DYNAMIC WALL PRESSURE MEAN VELOCITY (LDV) NEAR FIELD CONTOURS
SURFACE TEMPERATURE REYNOLDS STRESS (LDV) SOURCE LOCATION
HEAT TRANSFER MEAS. TOTAL TEMPERATURE CONTOURS
WALL SHEAR STRESS STATIC TEMPERATURE MEAS.

PLUG VENTILATION FLOW VISUALIZATION

AXISYMMETRIC NOZZLE WTH 18° PLUG

DESIGN POINT 2
MACH = 1.5
To = 2060° R
HAYNES ALLOY 7\
\ ;/ N OYMAMC PRESSURE.
/ \\\ /- UAL_ SHEAR STRESS.
/A

STETEETRN OR MEAT FLUX GAGES
N /
/ /
/ — REMOUABLE HA™CH
Z, T o ///
[ .
| ] = - y 2
1 - =
—— 7 2
- 7 \\
- e PLUG UENTALATION
4 - CONTROL VALUE
7% -
MOQDEL. CAPABILITY:
N Gy N = 4 i

To = 2460 R
e 2 ;
SR ACE TEMPERATORE M = 10 Ib/'sec

Figure 18. Single stream axisymmetric plug flow nozzle for validation
experiment .
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B2 - AXISYMMETRIC PLUG PARCH CODE RESULTS

Initial calculations have been performed at SAIC using PARCH for the
axisymmetric plug nozzle geometry described above. 1In a parallel effort,
Nick Georgiadis of NASA Lewis has applied the PARC code using the same
nozzle geometry. For the work at SAIC, a full Navier-Stokes analysis is

applied to determine slip wall wversus no slip wall behavior. The flow
calculation begins internal to the nozzle, where a 91 X 71 adaptive grid
is used to compute internal flow. The Chien low Reynolds number ke

turbulence model is used to enable calculation inte the wall region. The
PARCH code predicts transition to occur inside the nozzle duct. The plug
jet adaptive grid consisted of a 201 streamwise by 101 crossstream mesh.
The analysis assumes an adiabatic wall. In the experimental model, heat
flux measurements will be conducted using specially designed calorimeters
to aid the numerical analysis.

BLOW-UP - NOZZLE GRID (91 x 71)
|

SUPERSONIC JET NOISE { ABORATORY l
AXISYMETRIC CO-AM;L%LAIR SINGLE FLOW NOZZLE
A

Y/R

GENERIC MOZZLE
ADABTOR

Figure 19. Parch code adaptive grid for axisymmetric plug nozzle.
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B2 - AXISYMMETRIC PLUG PARCH CODE RESULTS

Figure 15a compares static pressure results between the slip and non-
slip wall. As can be observed significant attenuation of shock/wave
structure occurs due to interaction with the turbulent plug boundary
layer. The numerical simulation involves operation of the nozzle at its
design pressure and temperature ratios. On exiting the nozzle, both the
slip and non-slip solutions accelerate the flow beyond the nozzle design
point. The nozzle exit is located at X = 5.8733". Both the inviscid and
viscous wall solutions achieve a maximum stream Mach number of 1.9 at the
nozzle exit. The inviscid wall solution indicates that in order to turn
the flow at the plug tip, a shock 1is generated. Figure 15b shows
corresponding Mach number contours associated with the viscous wall
solution. As can be seen supersonic flow extends to a region near X = 36.

CLASS 1 SINGLE FLOW JET

PRESSURE ALONG PLUG SURFACE

P / PREF

a - comparison of plug wall and centerline static pressures for slip and
non-slip solutions.

CLASS 1 VISCOUS SINGLE FLOW JET
MACH NUMBER CONTOURS

15.0

Y/R

5.0

T T T T T

0.0 PO S TS T WAON U TS TS WS SV R L =
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X/R

b - predicted Mach number contours.

Figure 20. PARCH code analysis of axisymmetric plug nozzle flow.
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B3 - EVALUATION OF COMPRESSIBLE TURBULENCE MODELS

As described in section Bl, accurate numerical prediction of supersonic
shock containing flows is dependent upon the turbulence model installed
in the code. Recently Sarkar (1990) has developed a new compressible
turbulence model that shows an increase in the compressible turbulent
‘dissipation, &, that would lead to a decreased growth rate with Mach
" number. From his results one sees that & only depends on Mach number,

€ o
ij=§ P85(1 + O‘1Mt2)5ij

"2
pes (Solenoidal Dissipation)=fi ((oi )

A preliminary experiment was conducted in the NASA/LaRC JNL to examine the
prediction. Using schlieren optical data, LDV and pitot tube
measurements, the spread rate in the initial shear layer was measured.
The results are shown in Figure 21. Except for the data at 305 K, the
results are consistent with the Sarkar model. Future studies will
investigate other Mach numbers.

Jet Stagnation Temp (Deg K) dd/dx
293 (Pitot) 0.22
305 0.08
810 0.17
925 0.17
1090 0.20
1090 (LDV) 0.19
1255 0.22
1255 (LDV) 0.21 -
1365 0.21
1430 0.1¢9
1480 0.20
1580 0.22

7 .05

®.5-b

Figure 21. Examination of new compressible turbulent model.
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C1 - NOZZLE GEOMETRY EFFECTS, CENTERLINE VELOCITY

For a shock-free supersonic jet, the amplitude of the emitted noise is
a high power of the jet exit velocity. Therefore, any technique which
rapidly reduces the plume speed without generating any additional noise
will exhibit an acoustic benefit. Although round nozzle designs typically
are used for turbine engines, a viable passive control of noise may be the
use of asymmetric nozzles which promote rapid mixing thus lowering plume
velocities and the associated noise. Possible geometries whould be those
which can be designed shock-free to eliminate the presence of shock-~
associated noise.

An elliptic nozzle design method which produces a shock-free flow was
developed by Seiner, Baty, and Kumar at the NASA-Langley Research Center.
Two nozzles were constructed: Mach 2 of aspect ratio 3 and Mach 1.5 of
aspect ratio 2. A comparison of the centerline velocity distribution is
presented in figure 22 between the elliptic and shock-free axisymmetric
nozzles. The axial dimension is normalized by the equivalent diameter of
the nozzle. As is evident in the figure, the centerline velocity of the
elliptic nozzles decays more rapidly than that of the round nozzles. One
may expect a noise reduction through the use of this type of geometry.
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Figure 22. The effect of elliptic geometry on the centerline velocity
distribution.
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Cl1 - NOZZLE GEOMETRY EFFECTS, MOMENTUM THICKNESS

The momentum thickness has been used as a length scale of the initial
turbulent shear layer (Ho, 1987). The initial azimuthal distribution of
the momentum thickness controls the initial roll-up of shed vorticity
while the axial distribution provides an indicator of the distortion of
the jet column with downstream distance (Baty, 1990). The observed
centerline velocity decay due to the elliptic geometry can be related to
the asymmetric distortion of the major and minor axes momentum thickness.
This distortion leads to enhanced mixing with the surrounding medium.

Figure 23a presents the axial momentum thickness distribution for the
Mach 1.5 elliptic nozzle along both major and minor axes. Within the
potential core (X/Deqg < 5), the momentum thickness is essentially
independent of major or minor axes and grows linearly, similar to a round
jet. This indicates little azimuthal variation in the scales of initially
shed vorticity. However, beginning approximately at the end of the
potential core, the jet undergoes a large three dimensional distortion.
The behavior of the Mach 2 elliptic nozzle is different as seen in figure
23b. The major axis momentum thickness increases at a greater rate with
axial distance than does the minor axis momentum thickness. This is in
contrast to the behavior of the Mach 1.5 elliptic nozzle. It is not known
if this is related to the increased nozzle design Mach number or its
increased aspect ratio. The minor axis momentum thickness of the round
and elliptic jets are equal in the potential core region. Beyond the core
region even the minor axis momentum thickness increases faster than the
round nozzle.
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“t

Momentum thickness growth

3 unoR sl | 98‘5 ELLPTIC NOZZLE
& MAJOR AXIS] TG NOZILE /a
.

k3
3 E =2.0 AXISY T e - = !
‘— " Major axis o 3 Md=2.0 AXISTMMETRIC NCZZL ///:/, :
a Minor axis = S 5 ;
.2 ? ‘;:_' @/"' /3/ ,
Mom. thick. Bl / A2 !
Equiv jet dia S5E p 9/3/: i
.1 - 2 I
l Y /v//gg-:/ ;
o r G |
{ i I 1 1 ! : E— /0/ Ja&/d ’
0 2 4 6 8 10 i . N o
Axial dist/equiv jet dia g 5 g N S £ E
< lag
a - Mach 1.5 Jet b - Mach 2.0 Jet

Figure 23. The axial momentum thickness distributions
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CI - NOZZLE GEOMETRY EFFECTS, SPECTRAL COMPARISON

The differences in the major and minor axes momentum thickness
measurements for the Mach 1.5 elliptic nozzle would indicate the existence
of a complex three-dimensional flow structure. This type of flow should
have equally complex stability properties which would be manifest in the
acoustic emission.

Figure 24 is a spectral comparison between the acoustic radiation of two
azimuthal angles of the Mach 1.5 elliptic nozzle operating at a total
temperature of 1160 R. Also included is a spectrum of the Mach 1.5 round
nozzle corrected to the thrust of the elliptic nozzle. ¢ = 0 degrees is
in a plane which contains the minor axis and the jet axis; ¢ = 90 degrees
represents a plane containing the major axis and jet axis. The Yy angle
is referenced to the nozzle inlet axis and a value of 128 degrees is the
approximate direction of maximum overall acocustic emission. The data were
acquired at approximately 127 equivalent diameters from the nozzle exit.

As is evident in the figure, a strong dependency exists between the
spectral partitioning of acoustic energy and the nozzle geometry. Also,
the acoustic field of the elliptic nozzle is azimuthally varying similar
to the momentum thickness distribution. The overall sound pressure level
of the round nozzle is 1 dB greater than the elliptic at ¥ = 0 degrees and
4 dB greater than the elliptic at ¥y = 90 degrees. Thus, geometry alone
can yield acoustic amplitude benefits and possibly be used in the spectral
redistribution of energy.
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Figure 24. Spectral comparison of the acoustic emission from round and
elliptic nozzle geometries.
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C1 - NOZZLE GEOMETRY EFFECTS, PERCEIVED NOISE LEVEL

Due to the spectral differences created by nozzle geometry variations,
the frequency-weighted perceived noise level would provide an important
comparative metric for full scale applications. Acoustic data were
acquired via a linear array for not only the Mach 1.5 round and elliptic
geometries but also for an augmented deflecting exhaust nozzle (ADEN).
The ADEN is a rectangular nozzle with parallel sidewalls and convergent-
divergent flaps that differ in length in the nozzle exit plane. The data
were scaled to 50000 1b of thrust at a sideline distance of 1476 feet and
were propagated through a standard atmosphere using appropriate spectral
corrections. These full scale conditions are representative of the
requirements of the proposed high speed civil transport. ¢ is referenced

as previously for the elliptic nozzle and for the ADEN ¢ = 0 degrees
contains the nozzle’s convergent-divergent plane.

Figure 25a indicates that for ¢ = 0 degrees, the elliptic geometry
provides an acoustic reduction at the low Yy angles presented. The ADEN
is not a three-dimensional contoured nozzle design and thus should'contain
shock noise which would increase the lower ¥ angle amplitudes. Figure 25b
shows an acoustic reduction for the elliptic nozzle as well as the ADEN
when compared to the round geometry. Again note the presence of shock
noise for the ADEN. This indicates the importance of identifying a
passive noise control nozzle geometry which can produce a shock-free flow,
similar to the elliptic nozzle tested.
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Figure 25. Comparison of the perceived noise level for various nozzle
geometries scaled to a full scale application. '
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C1 - NOZZLE GEOMETRY EFFECTS, DESIGN MACH NUMBER

Figure 26 presents the azimuthal variation of the perceived noise level
for both elliptic nozzles tested. The data is scaled similar to figure
25. The Y angle corresponds to the approximate location of maximum
acoustic emission. For flows which are shock-free, the data indicates a
strong dependence of noise emitted on the velocity of the plume; i.e.,
greater exit velocities produce higher acoustic amplitudes. This
dependence is evident for all azimuthal angles as indicated by the Mach
1.5 nozzle data for the two temperatures presented and also the Mach 2
data compared to the Mach 1.5 nozzle data.

The data also shows {(similar to the previously presented spectra) that
the acoustic amplitude is dependent on the azimuthal angle ¢. In general,
the perceived noise level decreases as ¢ approaches 90 degrees. This
dependence represents another passive control method by which the nozzle
orientation on a full scale engine can be manipulated to radiate the
majority of the acoustic energy away from noise sensitive areas. It is
important to note that because all nozzles are scaled to constant thrust,
the lower temperature nozzle case should appear with smaller scaled noise
because it is a higher mass flow nozzle.
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Figure 26. Comparison of the perceived noise level for the two elliptic
nozzle geometries tested.
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C2 - MULTIPLE JET INTERACTIONS

The HSCT suppressor nozzle, as currently envisioned, utilizes multiple
hot high speed jets surrounded by afterbodies that promote rapid mixing
with these jets. To show the types of interactions possible with multiple
jet configurations, figure 27 presents a phased-averaged Schlieren
photograph of unheated twin choked-tube nozzles (the strobe light 1is

locked to the screech frequency for a given phase of the measured acoustic
wave) . ‘

These nozzles were operated at a fully expanded Mach number of 1.32
where the dominant instability wave in the jet shear layer is a flapping
structure {(double helix). Generally, this type of large scale structure
has no azimuthally preferred orientation. However, due to the mutual
excitation of the jets, the flapping motion of both jets is now oriented
in a plane containing the axes of both jets. This alters not only the
azimuthal directivity of the screech noise but also promotes a more rapid
mixing configuration as compared to a single nozzle. The potential thus

exists for using the passive control feature of multiple jet interaction
for acoustic benefits.

X

Figure 27. Phased-average Schlieren of twin choked-tube nozzles.
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C2 - MULTIPLE JET INTERACTIONS

The envelope geometry for multiple jets in an HSCT application is either
round or a low aspect ratio rectangular. The high speed jets emerge from
geometries that are complex, but often driven by the geometric constraint
of packaging in the envelope shape. The suppresor also makes use of an
acoustically treated ejector that provides augmentation to the engine mass
flow. :

The elliptic jet geometry discussed previously shows that passive
methods can be used to reduce noise. The properties of these non-round
geometries, as exhibited by the deformation of the jet column (momentum
thickness distribution), suggest that the orientation and location of the

high speed mixer 1lobes is not arbitrary. A study of multiple jet
interactions from a tri-axial configuration of nozzles (figure 28) is now
underway at NASA Langley. The initial system uses a set of elliptic

nozzles with varying aspect ratio combinations. The mechanism to support
the tri-axial nozzle system permits location of the three nozzles to be
arkbitrarily rotated and positioned about a central axis. . All elliptic
nozzles are designed to be shock-free, so that an assessment of 3-D
turbulent interaction can be studied without the influence of plume
shocks. One cannot differentiate non-symmetric pressure gradients
produced by shocks in the flow from that produced by turbulence.

THROAT AREA =
ACH NUVEER !
NQZZLE FPESCLFE AATIO TC 4.5:1

OTA TEMPERATJSE = MAX]
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PLLM'—‘ CPACING = 2 TG 3 SLLvE wiIJTHS

a - Simulated Suppressor Nozzle b - Interaction Mode
Figure 28. Example of tri-axial elliptic nozzle configuration.
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C4 - ACTIVE CONTROL OF INITIAL JET SHEAR LAYER

The primary noise generation mechanisms of supersonic jet flows have
been attributed to the presence of large scale structures in the shear
layer.. These dominant structures develop when small scale disturbances
in the initial region of the jet grow in amplitude as they convect
downstream. Therefore it may be reasonable to assume that by actively
" controlling initial shear layer instabilities, which have maximum growth
rates, one can also control the noise emission. ~

C.M. Ho at University of Southern California is investigating practical
methods for controlling the most unstable modes and their azimuthal energy
distribution. These methods involve the use of sound, temperature, tuned
‘cavities, and piezo-ceramic actuators to control the initial shear layer
disturbances of axisymmetric and asymmetric nozzles operating in both the
subsonic and supersonic regimes. Acoustic measurements have been made for
a circular jet tested from the low subsonic to the transonic range. These
measurements span the near field pressure fluctuations to the far field
noise. The far field spectra presented in figure 29 indicate that for
M=.2 to .35, the noisée generated by large scale coherent structures in the
thin shear layer dominates (high frequency peaks), while beginning at
M=.4, the noise of the preferred mode dominates {(broadband peak). The
data will be compared to that acquired when various control methodologies
are implemented.

10
100 1000 ¢ 10000

Figure 29. Far field spectra for an unheated circular jet operating
subsonically.

637



DI - SUPERSONIC INSTABILITY WAVES

An experiment is being planned in the NASA/LaRC JNL to verify the
theoretical predictions of Tam (1990) on the occurrence of supersonic
instability waves in high temperature jets where T,/T, > 2.5. The
predictions of figure 30 show that with increasing jet temperature ratio,
the Kelvin-Helmholtz instability wave amplitude decreases, but there is
the appearance of a supersonic instability wave. These waves are produced
by turbulence structure in the shear layer that convect supersonically
relative to the local jet sound speed.

Prediction of mgst highly
amplified fixed frequency wave

Total wave ampilification
b/R e Experiment
A (o, n) =exp [[-ki (S, n, b/R) Rd(b/R) ] ol — Theory
Strouhal ®
b°/R, . number
Where, b =%5- h (jet half width) (o) ¢}
o = db/dx (jet spread rate)
0 o | 1 1 1
ki = o (neutral PT; max growth) 05 10 15 20 25
20 _Axisymmetric hot jet (Tj Ma=2.1) 16 _Axisymmetric hot jet (T} Ta=2.7)
Mj =14 c Mach 2
TO~1100°F 12 F Mode 1 TO ~2100°F

\ Mode 0
\ ’
/Mode 0 N -
/ .\lpsiablhty wave
L.t PR S Tt
8 9 0 1 23456 7 8
) Strouhal number (fD/u;)

Figure 30. Instability waves in high temperature supersonic jets.
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DI - HIGH TEMPERATURE WATER COOLED NOZZLE

As a preliminary investigation into properties of hot supersonic jets
and the questions regarding the directivity frequency and amplitude of the
supersonic instability wave, Schlieren records were acguired from the hot
Mach 2 axisymmetric nozzle shown in figure 31. This nozzle was designed
to be shock-free at Mach 2 and a temperature of 2460 R. The nozzle exit
diameter is 3.6 inches and is heated by the sudden expansion (SUE) burner
in the JNL facility. This nozzle is water cooled and capable of being
tested to 3000 R.

ORIGINAL PAGE
BLACK AND WHITE PHOTOGRAPH

Figure 31. Mach 2 high temperature water cooled axisymmetric nozzle
mounted in the JNL. ’
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DI - MEASURED AND PREDICTED MACH WAVE EMISSION ANGLE

Figure 32 illustrates a specific example between the measured and
predicted Mach wave emission angle for a hot supersonic jet. 1In this
example, the Mach 2 jet is being operated overexpanded at M; = 1.5 and a
temperature of 2466 R, Figure 32a shows the measured Schlieren data for
this example. The Mach waves, which emerge from the edge of the shear
layer, have wave normals that appear orientated 60 degrees to the jet
axis. Based on Tam’s (1990) large scale wave model, instability waves for
this example will convect at 61% of the jet exit velocity. Based on this,
the predicted wave angle is 59 degrees to the jet axis, as shown in figure
32b.

MACH WAVE EMISSION

Hot Jet Case

My =20 Mi = 1.5
Tl =1370°K Vi = 3120 miset

. -1 1 ) 3
= coS ~ } =59
6 ( Mc

6 (messured) =60°

Vv, =Y
M5 N = 5
Where oX= .61
(TAM, 1890)
Inner edg
a - Schlieren of Mach 2 Jet b - Predicted Mach Wave Angle

Figure 32. Measured and predicted Mach wave emission for a hot jet.
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D2 - NON-LINEAR WAVE INTERACTIONS

Under certain operating conditions, shock-containing supersonic free
jets have been shown to emit high amplitude narrowband acoustic signals
referred to as screech tones. It has been suggested that the generation
of this noise component is due to the interaction of the dominant large
scale coherent structure in the turbulent shear layver with the shock cell

system (Tam, 1986). Screech has been observed to be muiti-modal, i.e. the
jet exhibits different instability characteristics depending on the
operating condition of the nozzle (Ponton, 1989). To better understand

this noise mechanism, it is important to determine whether different
screech modes are independent or interact non-linearly.

Two particular screech modes can be identified in the acoustic spectrum
presented in figure 33a. These modes are the B and C modes, and are
labelled accordingly. Also identified are the second and third harmonics
of the C mode (2C and 3C) as well as narrowband processes occurring at the
frequencies B+C and 2C-B. These latter two spectral components provided
the impetus to perform a bispectral analysis on the data fo determine if
non-linear wave-wave interactions are occurring between the fundamental
screech modes. This higher-order spectral technique vreveals phase
coherences between three frequencies satisfying the selection criteria

W, = O, + ®, indicative of a non-linear quadratic interaction (Ritz, 1987).

The bispectral analysis produced the auto-bicoherence contour plot shown
in figure 33b. The diagonal lines are constant o, lines and the two
additional frequencies satisfying the selection criteria are obtained from
the abscissa and the ordinate. As labelled on the plot, phase coherences
are seen to exist between the C, B, and B+C fregquencies as well as between
the 2C-B, B, and 2C freqguencies. This indicates that non-linear
interactions are occurring and suggests that future acoustic models should
encompass the observed source non-linearity.
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110 7 i a
L , D=2
g . , | veow
100 :
Q 5 10 15 20 I ‘y
Frequency, kHZ
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a - Auto-Spectrum b - Auto-bicoherence Spectrum

Figure 33. Spectral analysis of the acoustic emission from an unheated
round conical nozzle operating at M; = 1.44.
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D4 - PREDICTION OF NOISE FOR NON-ROUND JET GEOMETRY

The dominant sources of supersonic jet noise may be associated with the
coherent structures in the jet mixing region, the jet’s shock cell
structure, and the interaction between these two phenomena. In this study
the changes to the noise radiation associated with a change in the nozzle
exit geometry is examined. An elliptic jet of aspect ratio 2 has been
considered. The large scale structures in the jet’ are modelled as
instability waves. These structures convect downstream with a velocity
on the order of the jet exit velocity. For high Mach number or heated
jets there is a direct coupling between the pressure fluctuations in the
jet flow field and the acoustic field. This results in intense noise
radiation. In the present study the characteristics of the large scale
structures or instability waves are obtained from a solution of the
compressible Rayleigh equation. In the region just outside the jet flow
the pressure fluctuations are described in terms of Mathieu functions and
modified Mathieu functions. These fluctuations are matched with the
acoustic field using the method of matched asymptotic¢ expansions. Figure
34 shows a typical far field calculation for the se, flapping mode. The
two sections through the directivity pattern shown in figure 34 show (a)
the variation with azimuthal angle ¢ for a polar angle of 30 degrees, and
(b) the variation with polar angle 8 for an azimuthal angle of 0 degrees.
The decibel levels are in arbitrary units. Experimental data acquired at
similar operating conditions, indicate the preference for axisymmetric
structure and a wave direction at a steeper angle to the jet axis. Future
calculations are being made to investigate stability properties of
axisymmetric structure.
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a - Polar Directivity b - Azimuthal Directivity

Figure 34. Far field directivity with azimuthal and polar angles.

642



D5 - LOW REYNOLDS NUMBER RESEARCH

The most promising theoretical developments in the prediction of
supersonic jet noise involve the modeling of large scale turbulence
structure (that produces a dominant portion of the radiated noise) with
instability wave theory. Operation of model jets under low Reynolds
numbers are achieved by exhausting the jets at low density (pressure)
conditions in the low pressure anechoic chamber jet test facility (figure
35). Standard condenser microphones are used for the acoustic
measurements and miniature hot-wire probes measure the turbulence
structure in the jets. The unique feature of the latest measurements is
that jets with helium/air mixtures are used to simulate heated Jjet
conditions. This approach is a reliable way to evaluate the predictive
capability of the analytical model. The first and simplest check is of
the most unstable frequency of the primary jet instability (and radiated
noise). Initial experiments have been performed with a jet operating at
Mach 2, with a helium/air mixture that produces a velocity that 1is
approximately 50% greater than the pure air jet. ©Shown in figure 36 are
the acoustic spectra of air and an air/helium mixture Jet. The most
unstable frequency is shown to increase as the instability theory predicts
it should. Numerous additional measurements are underway to explore these
phenomena in more detail.

30 deg, Pc=5.5 torr, Re=8500, M=2.1
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1) ok é 0l AT {  10% Helium/90% Air
2 iGlow-discharge N E o (b maSS)
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3 B9 3
c Yy
—_— NS = = - 5 h
_/_ﬁjjule E 61 :
(1} exit Hot-wire or 8 "
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Figure 35.

Low pressure anechoic
jet test facility.

Frequency (kHz)

Figure 36. Acoustic spectra;
M=2.1 air and

helium/air jets.
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COMPONENTS OF SUPERSONIC JET NOISE

The noise of supersonic jets consists of three principal components.
They are the turbulent mixing noise, the screech tones and the broadband
shock associated noise. The turbulent mixing noise forms the low frequency
peak of a typical supersonic jet noise spectrum. The screech tones are sound
waves of discrete frequencies. Broadband shock associated noise is the high
frequency component of the jet noise spectrum. It is made up of a main peak
and sometimes a few secondary peaks at higher frequencies. Experimental
observations and theory indicate that the fundamental screech tone
frequency marks the low frequency limit of broadband shock associated
noise. Both the screech tones and broadband shock associated noise are
generated by the presence of a shock cell structure in the jet. For a perfectly
expanded jet the total radiated noise is less and comprises of only turbulent
mixing noise.
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Typical far field supersonic jet noise spectrum
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SHOCK CELL STRUCTURE OF IMPERFECTLY EXPANDED JETS

The static pressure at the nozzle exit of an imperfectly expanded jet is
not equal to the ambient pressure. To obtain pressure equilibrium at the
nozzle lip a shock wave or an expansion fan is formed. The shock or
expansion fan allows the gas of the jet to adjust quickly to the ambient
pressure. From the nozzle lip the shock or expansion fan propagate across the
jet to the mixing layer on the other side. Outside the jet the gas is stationary
or in low subsonic motion. Shock or expansion is not allowed. As a result the
shock or expansion fan is reflected back at the mixing layer. The reflected
expansion fan or shock will continue to propagate downstream bouncing back
and forth from one side of the jet to the other. In this way a quasi-periodic
shock cell structure is formed. The details of the shock cell structure can be
calculated analytically [1] or computationally [2]. Of importance to broadband
shock associated noise and screech tone predictions are the gross features of
the shock cell structure, namely, the shock cell spacing and pressure
amplitude.

QUASI-PERIODIC SHOCK CELL STRUCTURE

—0.4 2 : L L | 1 L L 1 | I SR L ] 1
0 5.0 10.0 15.0

x/D

Axial pressure distribution at /D = 0.38, M; = 1.82, Mg = 2.0
Measured -- dark line : Calculated -- light line
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LARGE TURBULENCE STRUCTURES/INSTABILITY WAVES

One of the most important physical entities in the flow of a supersonic
jet which is responsible for noise generation is the large turbulence
structures/instability waves. Pictures (see sketch below) of these instability
waves are provided in ref. [3]. They are usually called the Kelvin-Helmholtz
instability waves. They generally appear in a form with either axisymmetric
or helical (flapping) geometry. These instability waves derive their energy

from the mean flow. They are also responsible for the mixing and
entrainment of ambient gas into the jet flow.

LARGE TURBULENCE STRUCTURES/INSTABILITY WAVES

instability wave

Large scale instability waves in the mixing layer of a
supersonic jet excited by upstream sound waves
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SUPERSONIC JET NOISE THEORY

There exists now a fairly good understanding of how the three principal
components of supersonic jet noise are generated. The crucial element is the
large turbulent structures/instability waves of the jet flow. These instability
waves extract energy from the mean flow as they propagate downstream
along the jet column. The turbulent mixing noise is generated directly by the
supersonic components (relative to the ambient speed of sound) of these
instability waves. The screech tones and the broadband shock associated
noise are generated by the weak interaction of these instability waves and
the shock cell structure as the former propagate through the latter.

SUPERSONIC JET NOISE THEORY

MEAN FLOW OF
SUPERSONIC JET
energy
TURBULENT
e
LARGE TURBULENT direct MIXING NOISE
STRUCTURES/ radiatioin
INSTABILITY WAVES

BROADBAND
wek ~ —————"""" | SHOCK NOISE

interaction

SHOCK CELL STRUCTURE TONES
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GENERATION OF TURBULENT MIXING NOISE

To understand how instability waves generate turbulent mixing noise
let us remind ourselves the problem of supersonic flow past a solid wavy
wall. The solution of this problem suggests that Mach waves are formed.
These Mach waves extend to infinity away from the wall indicating that
acoustic disturbances are radiated to the far field. Now an instability wave
travelling with supersonic velocity relative to the ambient speed of sound is
analogous to the problem of supersonic flow past a wavy wall [4]. Mach
waves are radiated. The principal direction of radiation is normal to the Mach
wave front. The frequency of the radiated sound is equal to the frequency of
the instability wave.

TURBULENT MIXING NOISE

Mach waves

/

Wavy wall analogy
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COMPARISONS BETWEEN PREDICTED PEAK NOISE
FREQUENCY AND DIRECTION OF RADIATION WITH MEASUREMENTS

If indeed the dominant part of turbulent mixing noise is generated by
Mach wave radiation associated with the instability waves then the dominant
noise frequency of a perfectly expanded supersonic jet must be nearly equal
to that of the most amplified instability waves. Further the direction of peak
noise radiation must be equal to the Mach wave radiation angle of the most
amplified instability wave. Extensive comparisons between the calculated
(theoretical) and measured peak frequencies and directions of radiation for
jets of different Mach number and total temperature have been carried out in
ref. [5]. Good agreements are found (see figure below).

4.0 i
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Frequency {(kHz)

30° 35 40
o (degrees)

Comparison of the frequency and direction of Mach wave
" radiation of the most amplified instability wave of a Mach 2 jet
at a total temperature of 855°F. Shown are contaurs of equal
sound-pressure-level in the 8 -frequency plane. e theoretical value.
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STROUHAL NUMBER OF MAXIMUM SPL OF HOT SUPERSONIC JETS

For slightly supersonic cold jets the instability waves would propagate
downstream with subsonic velocity relative to the ambient speed of sound.
In this case a direct wavy wall analogy would produce no sound. In order to
determine the noise generated by the large scale subsonic instability waves
their spatial growth and decay in the flow direction must be taken into
account. It can be easily shown that with wave amplitude variation even a
subsonic instability wave would have some supersonic wave components [4].
These components will radiate noise. However, the radiation efficiency is not
high and decreases rapidly with a decrease in wave propagation speed. a
comparison between the calculated frequency of the most amplified
instability wave and that of peak noise radiation (see figure below) shows
good agreement at high jet temperature or high jet velocity. The good
agreement deteriorates as the jet temperature and velocity decrease (the
wave speed becomes subsonic) consistent with the above reasoning.
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NEAR FIELD SOUND PRESSURE LEVEL CONTOURS

The instability wave theory for a single frequency wave is well
established [4]. The theory can calculate the near field pressure contour
(relative) distribution as well as the far field directivity at a given Strouhal
number. A typical calculated near field pressure contour distribution is given
below. It compares very favorably with measurements. A comprehensive
turbulent mixing noise theory capable of predicting the entire n01se spectrum
is still unavailable at the present time.
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GENERATION OF BROADBAND SHOCK ASSOCIATED NOISE

Broadband shock associated noise is generated by the weak interaction
between the large turbulence structuresfinstability waves and the quasi-
periodic shock cell structure as the former propagate through the latter. One
simple way to see this is to consider a single instability wave. As this
instability wave passes through the shock cells scattering takes place
resulting in acoustic radiation. A very comprehensive stochastic model
theory [6]. [7] has been developed which can predict the spectra and
directivities of this noise component. The theory can also predict the near
field noise pattern as well. Recently the theory has been extended to include
the effects of forward flight [8]. The predicted results compare very
favorably with measurements.

BROADBAND SHOCK ASSOCIATED NOISE

LARGE TURBULENCE
STRUCTURES/INSTABILITY WAVES

BROAD BAND
SHOCK NOISE

SHOCK CELL STRUCTURE
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CALCULATED AND MEASURED FAR FIELD SHOCK NOISE SPECTRA

Extensive comparisons between theoretical and measured far field
broadband shock associated noise have been carried out [7].
typical case. The peak frequency of broadband shock associated noise varies
radiation. The half-width of the spectral peak decreases
These features appear to be quite well predicted by

with the direction of

in the forward direction.

the theory.
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CALCULATED AND MEASURED NEAR FIELD SHOCK NOISE SPL CONTOURS

This is a comparison between the calculated and measured near field
noise pressure contours on a plane passing through the jet axis according to
the stochastic model theory [6] at a 1/3 octave band center frequency of 16
KHz. A 1.4 dB has been added to the calculated noise contour to give a better
comparison with measurements. (The error is of the order of 1.4 dB). The
broadband shock noise is represented by the lobe radiating to the left. The
dominant direction of noise radiation and the location of the contours appear
to be reasonably well predicted.
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GENERATION OF SCREECH TONES

Screech tones are generated by a feedback loop [9], [10]. Near the
nozzle lip the pressure and velocity fluctuations associated with acoustic
disturbances outside the jet can excite the Kelvin-Helmholtz instability of the
jet. The instability wave extracts energy from the mean flow and grows as it
propagates downstream. At about four or five shock cells downstream the
amplitude of the instability wave becomes sufficiently large to interact
strongly with the shock cell structure. This interaction produces very strong
acoustic radiation. A part of the acoustic waves created radiates upstream.
Upon reaching the nozzle lip the acoustic waves excite the shear layer of the
jet creating new instability waves. In this way the feedback loop is closed.

GENERATION MECHANISM OF SCREECH TONES
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CALCULATED AND MEASURED STROUHAL NUMBER OF SCREECH TONES

By using the feedback loop model it is possible to calculate the Strouhal
number of the fundamental screech tone. In this figure the solid curve
represents the calculated frequency [10] as a function of jet Mach number.
The dotted curve represents a simplified prediction using a simple empirical
formula for the propagation speed of the instability wave. Screech tone
amplitudes are very sensitive to the presence or absence of reflecting
surfaces in the near environment. Sometimes it is difficult to reproduce the
same screech amplitude even in the same experimental facility. Perhaps
because of this variability there is no screech tone intensity prediction
formula at the present time; even a totally empirical one.
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SUMMARY AND FURUTE WORK

At the present time the generation mechanisms of the three principal
noise components of supersonic jets, namely, the turbulent mixing noise, the
broadband shock associated noise and the screech tones are quite well
understood. A very comprehensive broadband shock associated noise
prediction theory for round jets is now available. The theory can predict the
far field noise spectra and directivity. A similar comprehensive turbulent
mixing noise theory applicable to hot as well as cold jets is still needed.
However, the noise directivity at a single frequency can be calculated within
the framework of current theory. Work on developing a noise prediction
theory for non-axisymmetric jets, such as jets from rectangular nozzles, is
under way. A shock noise prediction scheme for non-axisymmetric jets may
become available soon. The frequencies of screech tones can be predicted
with reasonable accuracy. Because of its sensitivity to the surrounding
environment, currently there is no theory capable of predicting the intensity
of screech tones.

SUMMARY AND FUTURE WORK

e NOISE GENERATION MECHANISMS UNDERSTOOD

e GENERAL FRAMEWORK OF NOISE PREDICTION THEORY

AVAILABLE

e COMPREHENSIVE TURBULENT MIXING NOISE THEORY

(HOT JETS) NEEDED
e NON-AXISYMMERTRIC JET NOISE THEORY NEEDED

e SCREECH TONE (INTENSITY ) THEORY NEEDED
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Sonic Boom Program

Overview

Christine M. Darden

Figure 1

NASA Langley Research Center

Sonic Boom Research Plan
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Sonic Boom Decision Criteria

+ A low-boom configuration design comparable to an unconstrained design in
terms of economic viability

- system studies to determine trade-off between performance
penalties and economic benefit of overland supersonic flight

» Low-boom design methddology validated by wind tunnel tests
- configuration designs and models by LaRC, ARC, Boeing and DAC

» Estimate of acceptable sonic boom exposure
- Dose-response relationship from laboratory and in-home studies

+ Estimate of sonic boom levels from a low-boom configuration in a realistic
atmosphere .

- Analytical modelling to include atmospheric turbulence
Figure 2

Sonic Boom Plan Beyond Decision

DEC 1992 1993 1994 1995
> SONIC BOOM PREDICTION METHODOLOGY
LOW-BOOM &PERFORMANCE .| WINDTUNNEL| | FLIGHT

" | DESIGN/SYSTEMS INTEGRATION " | VERIFICATION| ~ | TESTS

CHABA COMMITTEE FIELD ACCEPTABILITY
> ESTABLISHED > TESTS
YES
WIND TUNNEL TESTS FLIGHT TESTS
*1  WITH MODIFIED RPV's ™  WITHMODIFIED RPV's
DECISION ON
CONTINUATION
OF LOW BOOM
STUDIES SONIC BOOM PREDICTION METHODOLOGY
- FOR ENVIRONMENTAL ASSESSMENT
NO
IMPACT ASSESSMENT FOR LIMITED
> OVERLAND OPERATIONS
Figure 3




Sonic Boom Issues for Overwater Operations

» Supersonic operations near coastlines ,
- during acceleration and deceleration (focused and secondary booms)
- during cruise (primary boom carpet width, secondary booms)
- requires prediction of boom levels and location, and audibility criteria

« Incidental overland supersonic operations or restricted corridors
- environmental impact assessment
- requires prediction of boom levels and location
- estimated community reaction, damage probability, etc.

i

Figure 4
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Sonic Boom
Source Design / Prediction / Performance

Overview

Christine M. Darden
NASA Langley Research Center

Figure 1

Program Elements

Configuration Design
Sonic Boom Analysis - Modified Linear Theory

Performance Analysis

Wind Tunnel Evaluation
Sonic Boom Analysis - Higher Order Methods

Figure 2
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Program Participants

NASA LANGLEY

Vehicle Integration Branch

Computational Aerodynamics Branch
NASA AMES

Advanced Aerodynamics Concepts Branch

Applied Computational Fluids Branch
BOEING COMMERCIAL AIRPLANES
DOUGLAS AIRPLANE COMPANY
GRUMMAN CORPORATION
EAGLE ENGINEERING

Figure 3
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Outline of Presentation

The objective of the sonic boom research in the current High Speed Research Program is
to ultimately make possible overland supersonic flight by a high speed civil transport. To accom-
plish this objective, it is felt that results in four areas must demonstrate that such a vehicle would
be acceptable by the general public, by the airframers, and by the airlines. It should be demon-
strated: (1) that some waveform shape has the possibility of being acceptable by the general pub-
lic; (2) that the atmosphere would not totally destroy such a waveform during propagation; (3)
that a viable airplane could be built which produces such a waveform; and (4) that any perfor-
mance penalty suffered by a low boom aircraft would be counteracted by the economic benefit of
overland supersonic flight.

This paper addresses the work being done at Langley Research Center in support of the
third element listed above --the area of configuration design. The initial part of the paper will
give a review of the theory being used for configuration designs and discuss two theory validation
models which were built and tested within the past two years.Discussion of the wind tunnel and
theoretical results (linear theory and higher order methods) and their implications for future de-
signs will be included. P

DESIGN PROCEDURE

THEORY VALIDATION DESIGNS
WIND TUNNEL TESTS

FUTURE DESIGNS

L/D ESTIMATES

PLUME EFFECTS

SIGNATURES ON FLIGHT PROFILE

Figure 1
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Design Approach for Low Boom Aircraft Concept

Two design approaches, both based on the Seebass and Georgel’2 sonic boom minimiza-
tion theory, are being used in the design of low boom concepts at Langley. The first approach is
illustrated in Figure 1. The design parameters of aircraft weight, length, Mach number and flight
altitude, along with signature parameters which define the type of signature and the bluntness pa-
rameter of the signature are used to define a target equivalent area distribution and pressure signa-
ture as shown in the upper right corner of the figure. Working initially with an uncambered wing,
the designer describes a planform and fuselage shape and iterates on this design until the Mach-
sliced equivalent area is near but everwhere below the desired equivalent area. When the equiva-
lent area for the planform and flat plate lift are judged “near enough” to the target, a camber sur-
face is designed to increase the lift of the configuration. Again, the equivalent areas of the design
are continually compared to the target equivalent area distribution until the differences in the ar-
eas are very slight. Final adjustments to the design are made in the fuselage by use of an Inverse
Fuselage Design Procedure which prescribes the fuselage necessary for a given equivalent area
distribution.3 More information on this design procedure can be found in reference 4.

Once the sonic boom constraints have been met, the configuration is then analyzed for
performance. If it is judged to have serious performance deficiencies, then changes must be made

because of aerodynamic concerns and the configuration recycled through the sonic boom design
phase.

MISSION REQUIREMENTS: RANGE, PAYLOAD, AP H, W, Y, 1

! Y

[ MINIMIZATION ’4————
% % IDEAL EQUIVALENT AREAS AND

SIGNATURES

-3

K

Numerical Model

AE
CYCLE I CYCLE 1 l j op E%x
UNCAMBERED CAMBERED o

WING WING

A

- { NO ]
" | Performance & Mission Analysis ’

Figure 2
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DESIGN APPROACH FOR BLENDED WING-BODY
CONFIGURATION

A second approach for designing a blended wing-body configuration with low boom
constraints is shown below. In this approach, the designer initially defines the planform of the
desired wing-body and the geometry for the nacelles and fin. The camber surface is designed
using the procedure of reference S, and the thickness, twist and dihedral schedules are added. The
configuration is then evaluated to determine its equivalent area distribution and its sonic boom
signature is calculated using the method of reference 6.

Redesign for low boom is accomplished by a comparison between the F-function of the
configuration and the target F-function. The target F-function may be derived from the method of
references 1 and 2, or a related method. When the desired F-function and resulting signature have
been attained, the necessary equivalent area distribution is defined. The equivalent area due to
lift, pods, and fins of the original configuration is subtracted from the target equivalent area
distribution so that the only area remaining is the equivalent area due to the wing-body. Final
modifications to the design are made with thickness adjustments to the wing body using an
inverse design procedure.7 All of the codes in the above approach have been automated with
input and output files consistent with one another. Judgement and interface with the designer is
necessary at each step of the design and analysis process.

INITIAL-CUT DESIGN AND SONIC BOOM REDESIGN FOR LOW-BOOM
ANALYSIS FOR BLENDED WING-BODY .
CONFIGURATION frea aistibution)

(EAD=equivalent
area distribution)

PLANFORM

idealized
F-Function
y
TAMEER SURFACE

ARAP
DESIGN B
(CARLSON) ?lGNATUi?E CHECK
ok
NACELLEFIN i
GEOMETRY

{ Tota! EAD from
ONFIGURATION F-Function
GEOMETRY
(thickness, dibedral, eic.) ¥
; } Substract EAD's due to
1ift, p.ods. fins, fo get
wing analysis wave drag prog. required EAD due to

EAD for lift EAD for volume wing-body

Redesign wing-body

COMBINE to get required EAD
EAD'S *
Chetk new design with
initial design analysis
programs
ARAP
signature
Figure 3
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Sonic Boom Wind Tunnel Models

Two wind tunnel models were designed using the first approach shown in this papers. To
insure proper definition of the camber and twist disiribution of the configuration, these models
were designed to be 12 inches in length--the largest sonic boom models ever built at the Langley
Research Center. Design conditions for the models are shown in the insets. One configuration was
designed to cruise at viach 2 at an altitude of 55,000 feet. The assumed weight at beginning cruise
was 550,000 1bs and the full scale length was 323 feet. As shown, this configuration was designed
to give a flat-top signature at design cruise conditions, with a bow shock overpressure of slightly
less than 1 psf. The second model was designed for cruise at Mach 3 and an aliitude of 65,000
feet. The beginning cruise weight was assumed to be 600,000 lbs and the full scale length, 313
feet. This concept was designed to give the minimum shock, or “ramp” signature at cruise condi-
tions--again with a bow shock of slighily less than 1 psf. The models were fabricated in two piec-
es with an integrated sting. They both featured twist and camber and had four axisymmetric flow-
through nacelles and a vertical fin.

#Mach 2.0 modsl ifinimum boom -~
L.ow boom signature iach 3.0 model —

R 9
(x-BiYA {x-BhyL

Figure 4
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Wind Tunnel Tests

Existing sonic boom extrapolation methods are based on the assumption that disturbances
are axisymmetric and thus 3-dimensional effects would be ignored. Because of this limitation,
previous sonic boom wind tunnel signatures were measured at 3-5 body lengths away to insure
that all three dimensional effects had settled. For the Langley Unitary supersonic wind tunnel
which is 4X4 feet in cross section, the needed measuring distance has restricted the model size to
4 or § inches in length. Because an accurate representation of camber, twist and thicknesses of the
current low boom configurations was felt to be essential to the validation of the theory, the
decision was made to build the current wind tunnel models at 12 inches--more than twice the size
of any previous sonic boom model at Langley. This size helped to alleviate the problem of
fabricating an accurate representation of the concept, but aggravated the problem of accurate
extrapolation. At Mach 2, measurements in the Langley tunnel would be at most 2 body lengths
away with possible 3 dimensional changes still occurring. While CFD or other nonlinear 3-
dimensional extrapolation methods are being developed and validated, the need to also obtain
signatures at 5-6 body lengths was very important. Thus arrangements were made with the NASA
Ames Research Center to test the low boom configurations in their 9 X 7° and 8 X 7° supersonic
wind tunnels. These measurements would insure proper extrapolation with the larger, more
accurate model. Tests on the low boom models were held at Ames in October 1990, and at
Langley in December 1990 and January, 1991.

NASA AMES 9X7 UNITARY-- October, 1990
Mach 1.68, 2.00, 2.50

NASA LANGLEY 4X4 UNITARY
Test Section I-- December, 1990
Mach 2.5, 2.96

Test Section II - January, 1991
Mach 2.0, 2.5

Figure 5
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Sonic Boom Test Setup

Test setup for the Mach 3 low-boom concept in test section 2 of the Langley Unitary Plan
Wind Tunnel is shown in this figure. The model and a specially made angle-of-attack mechanism
are mounted to the permanent tunnel strut system using a specially made sting. The model was
capable of 33 inches of linear travel because of the strut mechanism, and up to 180 degrees of role
because of an additionally installed roll coupling. The model was tested at a roll angle of 90
degrees. The model and its support mechanism were also capable of lateral movement because of
the permanent strut system. Measuring probes were mounted to a solid tunnel door which had
replaced the usual windowed door for the sonic boom tests. The reference probe was mounted
such that it was not within the disturbance field of the model at any of its anticipated locations
within the tunnel. The measuring probe was located such that it would be within the field of the
complete signature of the model as the model moved forward. The measuring probe was mounted
to a motorized track which allowed 6 inches of linear movement and thus increased the flexibility
of the body lengths at which signatures could be taken without shutting down the tunnel and
manually moving the probe.

;3

Langley Unitary Plan Wind Tunnel
Test Section 2

L.ow Boom Mach 3 Concept

Figure 6
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Flow visvalizations taken during the sonic boom tests included this cil flow photograph of
the Mach 3 concept. Cil mized with fluorescent dye is painted on the model and the model
installed in the tunnel. When design test conditions are achieved, a vapor light is focussed on the
model. Flow paiterns on the surface of the model can be observed by the oil patterns which
develop.For this model, at a test Mach number of 2.96 and an angle of attack of 1.96 degrees, one
can see that the surface flow paitern is very complex. One would like to see very clean attached
flow which is indicated by smooth patierns in a linear direction from front to back with very little
puddling of the oil. Insiead, there are patierns of slanted flow moving in a defined region from
front to back which indicates 2 leading edge vortices on the surface. The puddling of the oil near
the trailing edge alsc indicates that some separation is occwiring.
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Wind Tunnel Results

Initial wind tunnel data indicated two unexpected results. Midway along the positive
portion of the signature a large shock occurred in an area where the signature was expected to be
relatively flat. Toward the end of the signature a second shock occurred before the complete
resolution of the tail shock. Upon further investigation, it was decided that the final shock was the
result of interference from the angle-of-attack mechanism which caused a stronger shock than
anticipated. It was not clear where the first unexpected shock was originating until the nacelles
were removed to provide signatures for the validation of Euler code computational calculations.
The disappearance of the shock for the configuration without nacelles indicated immediately that
flow was not being achieved in the small (.2 inch diameter) flow-through nacelles, and that there
was a standing shock in front of the nacelles. Attempts to open the nacelles more and sharpen the
front edges to try an achieve flow did not alleviate this shock. All tests at NASA Ames were done
with nacelles on. The nacelles were only removed during the tests at Langley.

MACH 3 LOW BOOM CONFIGURATION
Radial distance = 8 inches
N = 3.1 Ibs. PINF = 147.3 pst

NASA Langley Unitary Wind Tunnel
Test Section 2
Mach number = 2.96
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ind Tunnel Results

Pressure measurements at two radial distances for the Mach 2 configuration are shown in
figure 9. Signatures at several distances are desirable for two reasons. With the current emphasis
on sonic boom predictions using Computational Fluid Dynamics (CFD) methods, signatures at
several distances are needed to validate those codes in regions where grid density and/or grid
spreading could reduce accuracy. Signatures at several radial distances are also desired to observe
the manner in which the signature changes as it propagates cutward. The signatures shown were
measured at 6 inches and 12 inches or at 1/2 and one body lengths. Aitenuation of the pressure
levels at the forward part of the signature are very evident as the signature propagates outward.
There is damping of the compressions and expansions which occur just ahead of the major expan-
sion, but the most negative portion of the major expansion does not attenuate. The largest changes
in the character of the signature seem to be occurring in the region of the signature where 3-di-
mensional effects of the lifting surface would occur.

MACH 2 LOW BOOWM CONFIGURATION
Without Nacelles
N =5.11ibs. PINF =160.2 psi

NASA Langley Unitary Wind Tunnel
Test Section 1
Mach number = 2.0
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Comparison of Measured and Extrapolated
Wind Tunnel Data

&

To investigate the accuracy of extrapolating very near-field pressure signatures, the
signature measured at 1/2 body length was extrapolated9 to one body length and compared with
the signature as measured at one body length. The results of the comparison are shown on this
figure. Note that in the forward portions of the signature where volume is the major portion of the
equivalent area the agreement between the measured and extrapolated data is excellent. The latter
half of the signatures differ significantly, however. For the first two shocks and expansions, the
extrapolated signature is less than that measured; the slopes of the expansion regions differ
considerably and the measured signature has the larger expansion. These differences would
indicate that an axisymmetric propagation method does not account for all of the flow field
phenomena; i.e. the flow in that region is highly three-dimensional. Signatures at greater
distances are needed to ascertain just how far radially one must be before there are no 3-
dimensional effects. :

P

MACH 2 CONFIGURATION NO NACELLES M=20

0.040 ——
0.020 |—1-
Delta-P PR |
P B
R
0.000 :
o
-.020 L
o Data Extrapolated from 6 inches to 12 inches - | -3}
O Data Measured at 12 inches R
-.04 : . » . -
0 -%,20 0.00 0.20 0.40 0.60 0.80 1.00

x/1

Figure 10
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Comparison of Ground Signatures

An example of the differences in the ground signatures when wind tunnel data is
extrapolated from two different distances is seen in figure 11. The signature on the left was
extrapolated from data taken at 1/2 body length and the data on the right was exirapolated from
data taken at one body length. For this Mach 2 configuration which was designed to prevent shock
coalescence, the bow shock levels of the ground signatures are nearly the same. The most
significant differences in the two signatures are just before the expansion where three-dimension
effects are strongest in the near-field signature, and the length of the signature. Since current
indications are that loudness is a better indication of sonic boom disturbance than bow shock
levell0, these differences in the latter portion of the signatures could lead to significant
differences in their loudness.

Extrapolated Extrapolated
from 1/2 body length from one body length
(Thomas Code - Langley 1686#12) (Thomas Code - Langley 1686#15)

2_, =

“h »

i 1 1 ] ] 3 ] 1] 1 L] i [} ] i3

_ |
»%00 0 100 200 300 400 500 600 700 -100 O 7100 200 30% 400 500 600 700
X, ft X,

Figure 11

686



ow Field Cross Sections

Perhaps an explanation of the flow field phenomena around the shaped, low-boom
configurations can be explained with figure 12, which shows a flow field cross section for a low
boom configuration at three axial locations as predicted by an Euler computational method!!,
Note that at mid aircraft, the flow field is relatively clean, with only the bow shock being
prominent. At the aft end of the aircraft, very strong shocks emanating from the region of the
wing are evident. As one moves further downstream, the flow field immediately beneath the
configuration is still very clean, but the strong shocks generated by the wind are moving toward
the flight path, It is probably the strong effect of the wing that is being seen in the wind tunnel
data just ahead of the expansion region. These results would indicate that for low boom
configurations where the primary effort has been to reduce disturbances in the flight path, the
non-zero azimuth angles can not be ignored either for ground level signatures or for the influences
they have on the flight path signatures.

Low Boom Configurations

Mid- Aircraft Aft End

Body Length Downstream

Figure 12
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Comparison of Extrapolated Wind Tunnel Data
and Target Signature

A comparison of extrapolated wind tunnel data taken at one body length from the Mach 3
configuration with test conditions of Mach 2.96 and normal force 3.06 1bs is compared with the
target signature for the same flight conditions. As can be observed, the objective was to obtain a
bow shock of 0.94 psf followed by an isentropic increase in pressure to 1.45 psf. The extrapolated
data does not show this behavior. The bow shock level is 1.8 psf and a second shock increases the
pressure to 1.95 psf. There could be several reasons for the discrepancy in the expected signature
and the actual signature: (1) linear theory methods used in the design of the configuration become
less valid at Mach numbers as high as 2. 9612 (2) the isentropic rise in pressure is less stable and
is therefore more difficult to maintain during propagation; (3) boundary effects which cannot be
properly scaled on these 12-inch models may have an effect on the wind tunnel results.

LARC UPWT TESTS; MACH 3 MODEL; TEST MACH NUMBER = 2.96
Data Extrapolated from 12 Inches; Boundary Layer Effects Not Predicted.

3.00

I ENH RO AT
-..Target Signature
Extrapolated Data 3

2.00

Delta -p, psf 100

0.00

-1.00 |

-2.00
-200. 0. 200.

. 400. 600. 800. 1000,

Axial Distance

Figure 13
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Comparison of Extrapolated Wind Tunnel Data

and Target Signature

A comparison of the extrapolated wind tunnel data and the target signature for the Mach 2
configuration is seen in figure 14. Also shown on the signature is the signature predicted from the
geometry using linear theory methods. Test conditions were Mach 2 and normal force 5.1 Ibs. As
can be seen, the agreement between the forward part of the extrapolated wind tunnel signature and
the target signature is excellent. The largest discrepancies are in the region near the expansion
where uncertainty about 3-dimensional effects still exist and in the overall length of the
signatures. If significant changes do not occur in wind tunnel results taken at 3 to 4 body lengths,
then these results appear to validate the minimization theory for these twisted and cambered
configurations at Mach 2.

° Wind tunnel signature at 12" - extrapolated to ground
o ldeal pressure signature
© Signature predicted from geometry-linear theory

Mach 2 configuration
Conditions

Mach 2
Alt. 55,000 ft
Cruise weight 550,000 Ib
] | 1 ] 1 | 1 J

2
ne
Degtsaf-p, ol
-1
400

0 100 200 300 400 500 600 70
X, ft

Figure 14
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Theoretical Bow Shock Overpressures

Several factors have contributed to the decision for the range of Mach numbers to be con-
sidered in the next cycle of low boom designs. Included among those factors are: (1) initial indica-
tions that ozone considerations may lead to cruise altitudes of around 45,000 feet; (20 the wind
tunnel results which indicated that the linear theory design methods may be invalid at higher
Mach numbers; and (3) the decision in the High Speed Research (HSR) program that future de-
signs would center around Mach 2.4. An additional factor is shown on figure 15. Shown on this
figure are two carpet plots which include results of the minimization code for a minimum shock
type signature. The plot on the lefi shows for the condition Mach 1.6, the equivalent length neces-
sary for a given bow shock overpressure af a given altitude. This figure shows that to achieve the
lowest bow shock level at the shortest length, one would cruise at the lowest altitude. An increase
in altitude increases the length necessary. The second carpet plot shows that for an altitude of
44,000 feet one would cruise at the lowest Mach number to achieve the lowest bow shock level at
the lowest length. Using as guidance information from this plot as well as guidance from the other
factors, the choice was made to choose Mach number between 1.6 and 2 for the second cycle of
low boom designs in which the emphasis will be placed on integrating performance.

Minimum shock signature
Weight = 700,000 Ibs; Nose length ratio = 0.1;
Isentropic slope = 0.5; Reflection factor = 2.0

X
Mach number=1.6 Vp mem Altitude = 44,000 ft

200 260 300 340 380 220 260 300 340 380
Equivalent length, fi Equivalent fength, ft

Figure 15
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Sonic Boom Design Efforts

Target conditions and a preliminary planform chosen as Mach 1.6 low boom design are
shown on figure 16. The target signature shown is one conceived at Boeing Airplane Company as
one method of improving the stability problems of the minimum shock signature but still
maintaining some of the weight advantage allowed by that signature, Target design flight
conditions include Mach 1.6, 45,000 ft altitude, a beginning cruise weight of 650,000 1bs and an
overall length of 323 Ibs. The theoretical equivalent area distribution and its resulting pressure
signature with a bow shock of approximately 0.85 psf are shown. Signature conditions listed are
input parameters which define some of the variable parameters in the minimization code. The

configuration planform shown is still in its developmental stage.

Second Generation

Target area

1000

800
Equivalent gggl.
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Perforr

nance Comparisons

The ultimate goal of the configuration minimization portion of the sonic boom program, is
to develop a low-boom configuration which would be competitive with a baseline configuration
which has no low boom constraints but which would have to cruise subsonically overland. Shown
in figure 17 is an L/D comparison of a baseline Mach 2 concept with no low-boom constraints,
but which has been optimized aerodynamically and three low boom configurations. The Low
Boom I concept was designed as a theory validation model and very little effort was placed on the
performance. Low Boom II represents an intermediate design effort which was subsequently
dropped because of performance estimates and Low Boom III is the current 1.6 design being
worked. This figure does not separate Mach numbers effects from these results but does give an
indication of improved performance for the low boom designs. Also these results are for a
trimmed aerodynamic concept but for untrimmed low boom configurations. L/D estimates for
Low Boom I are quite poor when compared to the Aerodynamic baseline. Design efforts on the
Low Boom II concept improved the subsonic characteristics significantly but the supersonic
performance estimates were still quite low. Very preliminary estimates of L/D for the current
Mach 1.6 design show significant I/D improvements--subsonically better than the baseline and
nearly equal to the baseline at its design Mach number of 1.6. Recall that the results for the Mach
1.6 design are very preliminary and are subject to change. They are shown only to indicate that
with effort toward systems integration, the performance of the low boom designs should improve.

Maximum L/D at 40,000 fi

Aerodynamic configuration trimmed; Low boom configurations untrimmed

Aerodynamic
M @_ 16 Low Boom Hi Low Boom | ®
p="1. g % Mp=20
— [ -
Mp=20 Mp=20

Figure 17
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Effect of Engine Plume on Sonic Boom
Signatures

Concern has been expressed about the effect of the engine plume on the sonic boom
signature of shaped configurations. To get an estimate of its effects, an Euler code was used to
calculate the plume of the low boom Mach 3 concept based on the pressure ratios defined for the
in-house Mach 3 engineB. In normal sonic boom calculations, the plume is approximated by a
cylindrical extension. Shown on figure 18 are comparisons of the sonic boom signature for the
Mach 3 configuration cruising at Mach 3 at 60,000 ft initially with the cylindrical plume and
beside it with the calculated plume. It can be seen that for the nozzle defined, the plume at 60,000
feet completely obscures any benefit of shaping. The pressure signature for the same Mach 3
configuration cruising at Mach 2 and 55,000 feet is shown on the second line. Although some
effect of the plume is still evident, it is much less than the effect at 60,000 feet. Initially these
results were used to conclude that the effect at Mach 1.6 and 45,000 feet would be not be
noticeable. It was found however, that a different engine was necessary for those conditions and
when actual calculations were made, the effect of the plume at 45,000 feet was comparable to that
shown at 55,000 feet. Clearly plume effects cannot be ignored during the design process.

Cylindrical plume Calculated piume
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Figure 18
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Sonic Boom Contours as a Function of Mach
Number and Altitude

The sonic boom prediction method using modified linearized theury methods has been au-
tomated and integrated into an in-house performance code!®. Results of sonic booms at various
altitudes for the Low Boom I configuration are shown as contours on figure 19, These boom lev-
els were calculated for steady state conditions but it was found that acceleration and climb rates
typical for a transport configuration did not significantly change the results. Climb profiles for op-
timum performance and with boom constraints are shown on this figure.
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Ground Pressure Signatures fo
Perfo

0 | ASE

ance Flight Pro 15 E@

Shown in figure 20 are the ground level signatures for the low boom Mach 2 configuration
as it climbed to cruise along the optimum performance flight path, Al signatures are plotted to the
same scale for comparison. Note that during the cruise portion of the flight the signature achieves
it flat top shape as predicted, but during climb, bow shock levels as high as 2.8 psf are generated
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Ground Sonic Boom Signatures for Restricted
Flight Profiles

Shown in figure 21 is the flight path necessary and sonic boom generated when the sonic
boom bow shock level is restricted to 1.2 psf. As can be seen, to limit the boom to 1.2 psf,
supersonic speeds must not be achieved until 35,000 feet. For this flight profile, there is a 2%
penalty in total range when compared to the performance profile.
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Ground Sonic Boom Signatures for Restricted

To limit the boom to 1.0 psf., figure 22 shows that the configuration must be at
approximately 43,000 feet before going supersonic. This profile results in a 5% range penalty
when compared to the optimum performance path. It is evident from these results that the entire
flight profile of the low boom configuration must be considered when evaluating its economic

performance.

Flight Profile
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Concluding Remarks

Wind Tunnel results indicate theory validation, especially at
Mach 2, but signatures at greater distances needed.

Next designs will target lower Mach numbers and will
stress integration of performance and low boom
characteristics.

Next designs will be tested for low boom and performance.

Plume effects and entire mission profile must be considered
in the design and evaluation of configurations.

Figure 23
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