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1.0 Summary

Benchmark Panel Fabrication. Five curved stiffened panels representative of ATCAS

fuselage crown design alternatives were fabricated to provide test specimens for the

pressure-box test fixture and for frame/skin bondline strength evaluations. These

panels augmented ATCAS pressure-box panels by providing an opportunity for tests of

alternate damage scenarios (e.g., large circumferentially-oriented notches, barely

visible impact damage), attractive alternate design concepts, and other panel locations.

The designs were characterized by a 122 in. radius, tow-placed skins, hot-drape-

formed hat-section stringers, and braided/RTM J-section frames. Attractive design

alternatives contained in the panel designs included intraply hybrid skins, higher-
stiffness stringers, and bolted frames with smaller mouseholes.

Pulse-echo inspection of the panels revealed no anomalies, however a repeatable

pattern was observed in the skins of all panels. The pattern was hypothesized to be a

result of thickness variations caused by consistent non-uniformities in band thickness
being magnified when the bands of similarly-oriented plies were stacked.

Pulse-echo inspection of the braided frames indicated localized defective regions in the

inner chord of six frames. Photomicrographs taken in the defect areas of the frame trim

revealed microcracks at the laminate midplane. Three of the frames were trimmed
such that all defect regions fell in the trim areas. Fasteners were installed in the inner

frame chord of the other three to prevent any delamination growth during testing. The

microcracks were hypothesized to be caused by increased residual stresses due to a

higher percentage of 0" yams and a somewhat higher fiber volume fraction than in the
other twelve frames.

Load-introduction doublers were fabricated for each pressure.box test panel and

provided, with appropriate fasteners, to NASA Langley Research Center for installation.

Doubler designs varied with specific panel configuration and loading requirements.

Slots were included in all between-frame doublers and the longer between-stringer

doublers to maximize decoupling of axial and hoop loads.

Benchmark Panel Finite Element Analysis. Geometrically nonlinear finite element

analysis was conducted to support the development of test fixturing, and provide

predictions of undamaged panel response. The model utilized shell, brick, and beam

elements to properly simulate the panel and load introduction fixturing. The

undamaged model contained 2,500 elements and 13,900 degrees-of-freedom. Results

were used to refine panel edge-doubler designs to minimize their influence on the

central panel bays. Successful nonlinear analyses of panels with high axial load

requirements could not be obtained, despite significant efforts. Forces normal to the

panel at the hoop-edge grips were observed to reverse sign with each iteration.

Comparisons of similar ATCAS models with test results implied that the representation

of the test fixturing requires improvements. Higher strains in the central stringers and



higher radial deflection than predicted suggest that the stiffness of the hoop restraints
may be the cause.

Strain Softening Model Development. General shell elements and an orthotropic

strain softening material model were used to analyze laminate test results from the

ATCAS fracture database, concentrating on unlaxial load conditions perpendicular to
the axis of blunt notches. Parametric studies indicated that the maximum stress level

and initial unloading portions of a strain softening curve have the strongest effect on

small notch strength for coupon sizes typically used for composites. The energy

associated with the rest of the strain softening curve is most important to large-notch

strengths, due to larger notch tip damage zones allowed by larger specimen widths.

These analyses confirmed the experimental observation that small fracture coupons do

not provide material properties.

Comparison of strain softening analyses with models based on linear elastic fracture

mechanics indicated the superiority of the strain-softening approach in predicting the

ATCAS test database, including specimen size effects and residual strengths over a

wide range of notch sizes. Differences in strain-softening response can also explain
differences observed between tow-placed and tape laminates.

Frame/Skin Bondline Analysis and Test. Bonded frame pulloff tests and analyses

were performed to support the baseline crown design including a mousehole detail at
the intersection between frames and hat stiffeners. Based on the finite element

analysis of the ATCAS crown panel under an internal pressurization load_ two critical
areas for theframe-to-sk|n b<_ndwereidentified-_ong the length of the frame near the

middre ofsay, and the gap be{weenthe_rame and the stiffener in the mousehole area.

Initial tests for conditions in the middle of the frame (away from the mousehole) were

performed with a clamped fixture that has been used in the past to evaluate bonded

element puiloff. Results from these tesLs indicat_at t_e type of 'noodle' material

used at the end of the frame web, adhesive or braided inserts, had little effect on

failure. In most clamped fixture test cases, damage started to propagate

unsymmetrically from each of the frame edges but subsequent noodle damage initiated
and became the dominant mode leading to final failure. Membrane forces that occur in

the clamped specimen as pulloff loads increase may have been the cause for a shift in

the dominant damage location. Detailed finite _ment analysis used to predict damage
initiation in clamped specimens compared reasonably well with experiments.

A simply supported test fixture was also designed t0 determine frame puiloff failure

loads and modes for areas away from the mousehole. This improved fixture was

statically determinate. In most test cases with the simply supported fixture, damage

initiated and propagated unsymmetrically from each of the frame edges leading to final

failure at loads less than that observed with the clamped fixture. Some of the
specimens tested exhibited manufacturing anomalies with the frame sinking into the

skin and causing some waviness in the top plies. This often caused delaminations to

propagate deeper into the skin and resulted in lower failure loads. Based on the

results, it appears that the frame pull-off load itself is not the best way to report data but
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that the skin bendingmomentat the tip of the frame was the most important load
resultant. In view of the staticdata obtainedand the predictedskin bendingmoments
from the finite element analysis, it appears that an adequate margin of safety is

obtained for bonded frame pulloff away from the mousehole. Preliminary fatigue tests

also indicated that adequate margins exist with the current design.

A frame pulloff test fixture was also designed for testing the mouseholed design detail.
For these tests, failure originated under the frame noodle near the stiffener and

propagated as a delamination under the frame. Based on the results of the finite

element analyses, it would appear that the loads obtained in the test of the mousehole

region are not sufficient to reach design ultimate load, although more refined local

analysis and test instrumentation may be required to confirm this.



2.0 Introduction

This task was motivated by the need for additional understanding of structural
performance to support design of thin-gage fuselage structure from advanced

composite materials. It directly supports the efforts of the NASA/Boeing Advanced

Technology Composite Aircraft Structure (ATCAS)prog==_m (C0nt_ract Nh.$1-18889),

which, in turn, is an integral part of the NASA Advanced Composites Technology (ACT)

initiative. The objective of the ACT initiative is to develop composite primary structure

for commercial airplanes with 20-25% less cost and 30-50% less weight than equivalent
metallic structure. The ATCAS activities within the ACT framework are focused on

fuselage structure, specifically the section immediately aft of the main landing gear
wheel-well on a 777-sized airplane. A thorough description of the program is contained
in References 1 (AB), 2 (AA), and 3 (AC).

The ATCAS study section was divided into four quadrants based on primary loading
considerations. The intemal pressure is reacted primarily as hoop tension, and is

effective in all quadrants. Critical axial loads are primarily tension in the crown and

compression in the keel, with shear being dominant in the side. The upper and lower"
portions of the side panel have significant regions of combined tension-shear and

compression-shear, respectively. The lower side has the additional issue of major load
redistribution around cargo door and wheel-well cutouts.

Design studies were conducted for the crown quadrant to determine concepts that meet

cost and weight goals as well as structural integrity requirements. Evaluations

considered a range of structural C0ncepts, geometries, and materials. The design

concept selected for more detailed evaluation is shown in Figure 1. The skins are tow
placed using AS4/938 material. The hat stringers are hot drape formed from tow-

placed AS4/938 charges and are cocured to the skin on 14 in. centers. The J-section

frames consist of a triaxially braided AS4 fiber preform that are resin transfer molded

(RTMed) using Shell RSL1895 resin. The frames are cobonded to the skin, and

contain cutouts, referred to as a "mouseholes," at the intersection with the continuous

stringers.

The design studies identified both axial and hoop damage tolerance as major design

drivers (ReL 4). Axial-damage tolerance is the condffion Of a circumferentiaily oriented

notch subjected primarily to loads along the fuselage length. Hoop damage tolerance

is a similar condition, except with a longitudinally oriented notch and hoop loading.

Also identified as a critical issue was the performance of the frame/stringer intersection
region.

ATCAS testing efforts have addressed axial damage tolerance in a flat regime, ignoring

the theoretically-small adverse curvature effects. Hoop damage tolerance is being
evaluated using a pressure-box test setup, illustrated in Figure 2. This fixture creates a

biaxial-tension loading state through the application of longitudinal loads and internal
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pressureto a 63 in. x 72 in. curvedpanel. The intentwas to simulatecrown region
loadsthatexist in the full fuselage shell.

Typical Stringer Geometry

Material

Skin AS4/938 Tow

!Stiffener AS4/938 Tape

Frame AS4/1895

Figure 1: ATCAS Baseline Crown Concept

I

Figure 2: Pressure-Box Test Fixture

At the time of this writing, two ATCAS panels have been tested in the fixture, and

another two are planned. The configurations of these four panels are detailed in
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Table 1. The preliminarytestplansfor the three stiffened panels are contained in Table
2. The test results from Panels 13 and 1lb are discussed in References 5 and 6. Both

panels were tested with a 22 in. longitudinally-oriented notch severing the skin and
central stiffening element. The Panel 12 test will provide data similar to that of Panel

11 b, except with a cobonded frame and with less stiff stringers. Panel 11a will contain
a similar 22 in. damage, but that has been repaired.

Panel 13 Panel 11 B Panel 12 Panel 11A

iiiliiiiiiii!i!iiiiiiiiiiiiiii!iiiii!iii iiiiiiii!iiiiiii!iii!;!;i!i!i!iiiiiiii!iii! iii!i!ii!ii!iiiiiiiiiilliiiii!i iiii!ii!iiiiiiiiiii!iiiiiiiiiiiiii]iiiii'ii! iilS i iii!iiiiii!ii!iiiiiii ii!iiiii!i!ii!i!!ii!i!i!!!iiiiiii iiiiiiiiiiiiiiiiiiiiiiiiiiiiiiiiiii :i!i!i!!i!iiiiiiiiiiiiiiiiiiiii
Material AS4/938 Tow AS4/938 Tow AS4/938 Tow AS4/938 Tow

Mat'l Nominal 0.57 0.57 0.57 0.57
Fiber Volume

Layup [45, -45, 90, 0, 60,
-60, 90, -60, 60, 0,

90, -45, 45]
13

[45, -45, 90, 0, 60,
-60, 90, -60, 60, 0,

90, -45, 45]
13

[45, -45, 90, 0, 60,
-60, 90, -60, 60, 0,

90, -45, 45]
13

[45, -45, 90, 0, 60,
-60, 90, -60, 60, 0,

90, -45, 45]
13No. of Plies

Nominal 0.096 0.096 0.096 0.096
Thickness

No. of 0 4 4 4
Stringer_
Material N/A AS4/938 tow AS4/938 tow AS4/938 tow

Mat'l Nominal N/A 0.57 0.57 0.57
Fiber Volume

Layup N/A [45, -45, 0, 0, 90,
0, 0, 0, 90, 0, 0,

-45, 45]
13

[45, 90, -45, 0, 45,
-45, 0, 90, 0, -45,

45, 0, -45, 90, 45]
15

[45, 90, -45, 0, 45,
-45, 0, 90, 0, -45,
45, 0, -45, 90, 45]

15No, of Plies N/A

Nominal N/A 0.096 0.111 0.111
Thickness

StrlngerlSkln N/A Cocured Cocured Cocured
Attachment

:::::::::::::::::::::::::::::::::::::::::::::::::::::::::::::::::::::::::::::::::.:........... :--;-:-:.:-:-:-:-:-:-:.:-:.:-:.:.:.:.:.:.:.::::::::::::::::::::::::::::::::::::::::::::::::::::::::::::::::::::::::::::::::::::::::::::::::::::::::::: ::: :: :::::::::::::::::::::::::::::::::::::::::::::::::::::i:::::i:i::,:!:::::::::::::::::::::::::::::::::i:i:)::::::::::::::::::::::::i:!:!:i::!:::::: :::: ::::I:A:):A.......
No. of Frames

Material N/A AS4/RSL1895 AS4/FISL1895 AS4/RSL1895

Braid N/A 66.5" Braid Angle, 66.5" Braid Angle, 66.5" Braid Angle,
Architenture 37.4% Axial Tows 37.4% Axial Tows 37.4% Axial Tows

Fiber Volume N/A 0.543 0.543 0.534
Nominal Web N/A 0.141 0.141 0.141

Thlckness

Nomlnal N/A 0.071 0.071 0.071
Range

Thickness

Mousehole N/A Wide Wide Wide
Conflguratlon

Frame/Skin N/A Mechanically Cobonded Cobonded
Attachment Fastened

Tear Straps BMS 8-256 None None None
Beneath 3K-70-PW fabric,
Frame t = 0.07

Table 1: ATCAS Pressure-Box Test Panel Configuration
Summary
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:::::::::::::::::::::::::::::::

i!iii!i!iii!!!ii!i!i!i!!!!!!!iii

i!iiiiii_i_i_iiiiiill• Pressure: 18.2 psi,
!!i!i!iii!!!iiiiiiiiiiiiiiiiiiiiAxial: None

!iiiiiiiiil;2iiiiiiiiiii• Pressure: 13.81_i,
!ili!ili_i_i!!!ili!iii!i:_iiii::Axial: 0.84 kips/in, cornpr.
_ii!!!ii_ililililiiiii!iiiiiii

E:_:_:_:_:_:_:_:_:_:_:_:_:_:_:_:_:• Pressure: 18.2 psi,
:iii_ii_i_:ii!i!iii!i!iiiiiiii!!

iiii_!i!_!i!i!i!i!ii!!i!iii_il .&,XlaJ: None

::::::::::::::::::::::::::::::

i!iiiiiiiiti_ii_iiiiiill" Pressure:18.2p_,
ii_iiiii_iiii!i!!!!!i!i!i!i!ililAx_ai:None

-.....-...-.w...-.......

_:::_:_:::_:_:_:_:_:_:_:_:_:_:_:_• Pressure: 13.8 p_l,:::::::::::::::::::::::::::::
:::::::::::::::::::::::::::::::
.i:i;i;i_i_i_i_i_i_i_i_i_i!i!i_i;Axial: 0.84 kips/in, compr.
::!_i!!+i!!ii!!i!i!i!i!i!i_i!i!!!!
:::::::::::::::::::::::::::::::!!!_!!_i_!!_i!!i!!!!!i!!i!iii_!• Pressure: 13.8 pc,i,
:_:_:_._:_:_:_:_:_:_:::_:_:_:_:_Axial: TBD kips/in, tens.:::::::::::::::::::::::::::::

¸

None

Critical Damage at
Frame/Skin Interface

Between S_'ingers

Repaired Failed Structural
Unit (Severed Skin and
Frame)

Pressure: 8.85 psi,
Axial: 0.54 kips,4ncomic'.

Pressure: 8.85 psi,
Axial: 0.54 kips/in osmpr.

None

Loss of Structural Unit

(Severed Skin and Frame)
r

Loss of St_Jctural Unit

(Severed Skin and Frame)

None

Table 2: Preliminary Test Plans for ATCAS Pressure-Box
Panels

The purpose of the task being reported in this document was to augment ATCAS

activities towards the understanding of critical performance issues in the crown region.

The task was composed of four major activities: (1) benchmark panel fabrication, (2)

benchmark panel finite element analysis, (3) strain-softening model development, and

(4) frame/skin bondline analysis and test. The following sections of this document
discuss each of these activities in detail.

Fabrication of five pressure-box test panels was pursued to enhance the ATCAS test

database on panel performance in a pressurized environment. These panels provided

an opportunity to test alternate damage scenarios (e.g., large circumferentially-oriented

notches, barely visible impact damage), attractive alternate design concepts (e.g.,

intraply hybrid skins, higher-stiffness stringers, bolted frames with smaller mouseholes),

and other panel locations (e.g., forward end of crown study section).

Finite element analysis of these benchmark panels was pursued to provide an initial

evaluation of undamaged panel response in the pressure-box test fixture. Additional

analyses are required to determine damaged panel response.

Strain softening model development was pursued to extend promising work conducted

under ATCAS. Extensive testing within ATCAS had identified the inability of linear

elastic fracture mechanics to properly predict fracture in composites (Refs. 7 and 8).
Initial finite element analyses conducted on simple coupon geometries indicated the

ability of strain softening models to predict finite-width and notch-size effects. The
efforts under the current task allowed (1) further understanding of the relationship

between material laws and panel performance, and (2) initial attempts at extending the

method to structural configurations.

Analysis and test of the frame/skin bondline was pursued to enhance the limited
database on the subject obtained in ATCAS. Extensive finite element analysis allowed

7
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the definition of a specimen configuration that accurately replicates the boundary

conditions present in the pressurized panel. Oversizing of the benchmark panels

provided an opportunity to fabricate those test coupons using scaled-up manufacturing
processes.

= i: x : : =±: _ = 1 {i

-: i _

_ <=i_ <£_i_ _

_ . - < : : _ == =
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3.0 Benchmark Panel Definition

Appendices A through E contain the panel bond, cutting diagram, and panel assembly

drawings for Panels 1 through 5, respectively. Appendix F contains the drawings for

frame fabrication. The panel dimensions of 80 in. x 72 in. were selected to provide a

63 in. x 72 in. pressure-box test article and several frame/skin bond test specimens

from each panel. The details of the pressure-box test panels are summarized in

Table 3. It should be noted that a manufacturing error-resulted in the +45" and -45"

plies being switched in the stringers of Panels 1, 2, and 3. Table 3 contains the correct

orientations, while the appendix drawings indicate the intended configuration.

Panels 1, 2, and 3 are representative of the baseline design concept. Panels 1 and 2

are aft-end configurations and Panel 3 is a forward-end design. Panel 1 has four

stringers to allow testing for hoop damage tolerance with a longitudinal notch centered

between two stringers. Panels 2 and 3 have three stringers to allow axial damage

tolerance testing with a circumferentially-oriente d notch that severs the central stringer.

Panels 4 and 5 are forward-end and aft-end configurations, respectively, of an alternate

design concept with intraply hybrid skins, higher stiffness stringers, and mechanically-

fastened higher-stiffness frames with smaller mouseholes. The fiberglass tear straps

beneath the frames were sized to allow the frames to continue over the stringer flange

without a joggle. Additionally, they provided increased hoop damage tolerance and

provided isolation from the graphite skin if aluminum frames had been used. Metallic

frames were an attractive design option from both a stiffness and cost standpoint, and

were a fallback position in the event that the fabrication of the higher-stiffness
braid/RTM frames had not been successful.

The preliminary test conditions for each panel, as of the writing of this document, are

contained in Table 4. These plans differ somewhat from those originally envisioned.
Modifications have been made based on further understanding of the structural issues

relating to the specific design concepts and the limitations of the pressure-box test
fixture (obtained by evaluating Panel 1 lb test results). These plans are intended to be

further revised as necessary when additional test results are obtained. It should be

noted that the axial Ioadings indicated in the table relate to the fuselage loading

induced by body bending. The actual axial loads applied by the test fixture are a
combination of this component plus that caused by the internal pressure acting on the
bulkheads.

9



Panel 1 | Panel 2 Panel 3 Panel 4 Panel 5

_,:_iii_iiiii;i_iiiiiiiii_,iiii_ii:_iiii_iiii!!i_iiiii!ii!!iiii:_iiii::iiii_iii!iiiiiiiiiiliiii:_ii_iiiiiiiiiii_iiiii:_iiiiiiili: :Ski _ i iiiii_;iiiiiii::i_:i:_ilili_!i!!!!iiii!iii!iiii_i_iiii::iiiiiiiii!iil!_iii!i_ii_i!!!ii::iii!i!i!ii!!i!!i!!i:,iiii!iiii::!:;:iiiiiiiii
Material AS41938 Tow AS41938 Tow AS4/938 Tow 75% AS4/938

Mat'l Nominal
Fiber Volume

Layup

No. of Plies

Nominal
Thlckness

0.57

[45, -45, 90, 0,
60, -60, 90,

-60, 60. 0, 90,
-45, 45]

13
0.096

0.57

[45,-45, 90.
0,60,-60,90,
-60,60,0,90.

-45, 4_

13
0.096

0.57

_5.-45,90,0,
60,-60,45,
-45,90,-45,

45,-60,60,0,

90_-45_45]
17

0.126

25% $2/938

Intraply Hybrid
0.57

[45.-45,90,0_ _
45,-45,30,
-30,90,-30,

30,-45,45,0,
90r'45r45 ]

17
0.126

75% AS4/938
25% $2/938

Intraply Hybrid
0.57

[45, -45, 90, 0,
45, -45, 90,

-45, 45. 0. 90,
-45, 45]

13

0.096

No. of Stringers 4 3 .. 3 4 4
Material AS4/3501-6 AS4/3501-6 AS4/938 Tow IM6/3501-6 IM6/3501-6

Tape Tape Tape Tape
Mat'l Nominal 0.57 0.57 0.57 0.57 0.57
Fiber Volume

Layup [-45, 90, 45, 0, [-45, 90, 45, [-45, 90, 45, 0, [45, 0, -45, 90, [45, 0, -45, 90,
-45, 45, 0, 90, 0, -45, 45, 0, -45, 0, 45, 0, 0, 0, 45, 0, -45, 0, 0, 45, -45,
0, 45, -45, 0, 90, 0, 45, °45, 90, 0, 0, 90, 0, 0, 0, 90, -45, 0, 0, 90, -45,
45, 90, -45] 0, 45, 90, -45] 45, 0, :45, 0, 0, 45] 0, 45]

45j 90, -45]
No. of Plies 15 15 20 15 14

Nominal 0.111 0.111 0.148 0.111 0.104
Thickness

r T

Stringer/Skin Cocured Cocured Cocured Cocured Cocured
Attachment

No. of Frames 3 3 3 3 3
Material AS4/RSL1895 AS4/RSL1895 AS4/RSL1895 AS4/RSL1895 AS4/RSLi895

Braid 66.5" Braid 66.5" Braid 66.5" Braid 66.5" Braid 66.5" Braid

Architecture Angle, 37.4% Angle, 37.4% Angle, 37.4% Angle, 44.4% Angle, 44.4%
Axial Tows Axial Tows Axial Tows Axial Tows Axial Tows

Fiber Volume 0.5,_3 0.543 0.543 0.534 0.534

Nominal Web 0.141 0.141 0.141 0.161 0.161
Thickness

Nominal Flange'" 0.071 0.071 0.071 0.076 0.076
Thickness
Mousehole Wide Wide Wide Narrow Narrow

Conflgurat!on .
Frame/Skin Cobonded Cobonded Cobonded Mechanically Mechanically
Attachment Fastened Fastened

Tear Straps None None None Fiberglass Fiberglass
Beneath Frame

Table 3: Benchmark Pressure-Box Test Panel Configuration
Summary
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ii iiiiliiiiii!i!iliii ii!iii!! !   !ii!    i!i!!!! !!!!iiii!i!!ii!iiiiiiiiiiiiiiiiii i  iiiiiiiiiiiiiii!iiiiii iiiiiiiiiiiiii iiiiii ii   ;   i    iI iiiii iiiiiiii ii!i i  iiiii i i  i  i      

!iii:_!i_ii:i!:il;:i_!!_!ii!ii!!i!_!ii_!::• Pressure: 13.8 psi. Critical Damage at Pressure: 8.85 psi, LOSSof Structural Unit

..................................Axial: 5 kil_#In tens. Frame/Skin Intsrfa_e Axial: 3.37 kll:_/in tens. (Severed Skin and Frame)
:::::::::::::::::::::::::::::::::::::::::::::::: Between Stringers
,:(_- _"-'-'-.--..-- .r
::::::::::::::::::::::::::::::::

i::i!iii::i!ilili_ii::iil]i::iiiiRecommend Panel Be Cutup for Building Block Tests (Mouseholed Pressure Pillowing Test Elements)

:::::::::::::::::::::::::::::::

!iiiiiiiiiiii_iiiiiiiiiill• Pressure: 13.8psi,
iiiiiiiii!iiiii.iil.i.!iiii.i!iii_AxiS:0.84kip,_n=omp_'.

iiiiiiiiiiiiiiiiii!iiiiiiiiiiiiiii" Pressure:18.2p_,
ii!i!iii!iiiiiiiiiiiiiiiiiiiiiiiliAxe: None

Critical Damage (TBD
based on pressure
pillowingelement studies)

:_:i:_:!:!:_:_:!:_:_:_:i:i:i:_:!:!

iiiiiiiiii!i!i!_iiiiiiiiiiiiiTBD (Candidate CondNons Listed)
iii_i_]iiii_iiiii!i!iiiiiiiii_i_i_
_iiiili!_;ii!_!ii_i_i!_ii:• Repair of Axial Structural Unit Failure (including
iliiii_iiiiii!!!i!!ii!i!iiiiiii!ii:_evmdhatdamage)
iiiiiiiiliiii#ii!iii_!i!i!i_ii_

iii;iii!i!iiiiii_iiiiiili!!;iil•SkinPenetra,onorOff_rSmalllmp_c_O_nage

None
:+:.:+:.:.:.:,:.:.:.:.:.:.::

::::::::::::::::::::::::::::::::::• Pressure: 18.2 psi,
!::i:::_ii::i!i_i::iiii!::!::;iiii::i::!Axial: None

None

Pressure: 8.85 psi,
Axial: 0.54 kiprdincompr.,
includingdynamic loading

Pressure: 8.85 psi,
Axial: 0.54 kips/in compr.

None

Loss of Structural Unit
(Severed Skin and Frame)

loss of S_'uctural Unit
(Severed Skin and Frame)

Table 4: Preliminary Test Plans for Benchmark Panels
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4.0 Panel Fabrication

4.1 Skin and Stringer Charges

The skins charges for all panels were tow-placed using the Hercules 7-axis fiber

placement machine using the 4th generation 32-tow Band Cut and Add (BCA) head on

a curved (122 in. radius) winding mandrel. Twenty-four tows were used in each band.
The bands used for the AS4/$2/938 intraply hybrid skins of Panels 4 and 5 consisted of

3 groups of 8 tows, with each group comprised of 6 adjacent AS4 tows next to 2

adjacent $2 tows. The stringer charges were fabricated on a flat mandrel using hand

layup (for the tape material) or tow placement (for the tow material).

The fiber description and nominal tow widths required to maintain uniform ply thickness
(0.0074 in.) and fiber volume (57.6%) are shown in Table 5. Resin rich areas between

_t_ws a_rn_i_-giJng_ 0f tow_p_ were _obe m|n;m|zedWh_e mainta'_g_a_u_orm

ply thickness. Gaps between tow bands were not to exceed 0.10 in. No lapping of tow

bands was allowed. Individual tows could be end spliced, but no two end splices within

a single band could occur w_thTn3 in. Band-pass locations on Sirnilariy oriented plies
were stacked, not offset.

Fiber Type Fiber Description Tow Width (in.)

AS4 6K 0.0896

$2 0.0968

Table 5:

20 End Glass, OCF S-2, 750
yd/LB

Fiber Description and Tow Spread Widths

The stringer charges were hot-drape-formed at Hercules over rubber cure mandrels.

The maximum temperature during the drape was 150'F. The stringers and mandrels

were placed into the aluminum female stringer tool, a bag placed over the aluminum
tool, and vacuum pulled.

4.2 Frames

The frames were fabricated by Fiber Innovations. The fiber preforms were fabricated

on a 144-carrier braider. A swing arm was used to drive the braiding mandrel through
the center of the braider at a controlled speed to maintain fiber orientation. The
preform consisted of six plies of triaxial braided AS4 fiber. The bias _+66" fibers

consisted of 6K tow and the axial fibers of 18K tows (Panels 1, 2, and 3) or 24K tows

(Panels 4 and 5). Preform distortion from handling was minimized by integrating the

mandrel as part of the _m01d. The mandrel and attached preform were inserted

into the RTM mold cavity. Prior to closing the mold, a simple cut and fold operation was

performed on the three outer plies to form the bottom flanges of the two J frames

fabricated in each batch. The braided preform was impregnated with Shell RSL1895

12



resinand cured in a convectionoven. Strip heaterswere also attachedto the outside
of thetool for preferential heating.

4.3 Panel Assembly and Cure

A peel ply was placed onto an INVAR cure tool with 122 in. radius. The skin was then

transferred onto the cure tool, with precautions being taken to avoid panel wrinkling

during this transfer. Film adhesive was placed on the skin at the stringer-flange

locations, with the backing paper on the upper surface of the adhesive. The stringers

were then located onto the adhesive (with the backing paper still on the adhesive) with

the assistance of a full-coverage graphite caul sheet. The stringer mandrel ends were

then secured, the caul sheet removed, and the adhesive backing paper removed from

beneath the stringer flanges by slightly lifting the stringer flanges and reverse peeling.

For Panels 1, 2, and 3, film adhesive was then placed on the frame flange surfaces,

and the frames located using frame clamps. An additional adhesive layer was placed

over the tapered portion of the frame flange. Stringer traps were then located at the

stringer-frame intersections.

For Panels 4 and 5, adhesive was placed on the skin and over the stringer skin-flange

at the frame tear-strap locations. The lower and upper portions of the tear-straps were
then located onto the adhesive.

The IML caul plates, which were thin graphite/epoxy laminates with a flexible viton

region near the frame locations, were then located. For Panels 1, 2, and 3, the silicone

rubber mousehole plugs were then placed and the butt joints of the caul plates at the
end of the frames beyond the panel edge were sealed. The thermocouples were

placed prior to locating the silicone bag, then the caul and mousehole-plug locations

were verified. The nylon bag was placed over the entire assembly and cured in
accordance with the following:

1. Apply vacuum to the bag.

2. Pressurize the autoclave to 15 psig.
3. Heat at 2-5"F per minute to 225+10"F (based on leading part

thermocouple).
4. Hold at 225+ 10"F and 15 psig for 15+5 minutes (based on leading

part thermocouple).
5. Pressurize the autoclave to 135:1:15 psig, venting the bag to

atmospheric pressure when 30 psig autoclave pressure is reached.

6. Hold at 225 + 10"F and 135 + 15 psig for 45 + 5 minutes.

7. Heat at 2-5"F per minute to 350__. 10"F (based on lagging part

thermocouple).

8. Hold at 350+ 10"F and 135+15 psig for 120+5 minutes (based on

lagging part thermocouple).

9. Cool the autoclave at 5°F per minute maximum to below 150"F before

releasing autoclave pressure.

13



The nylon and silicone bags, and the mouseholeplugs, cauls, and silicone stringer
mandrels were removed.

4.4 Inspectlon

Each panel was non-destructively inspected using pulse echo and through transmission

ultrasonics. No anomalies were identified. However, a repeatable pattern was

observed in the skins of all panels using pulse echo. A map representative of Panels 1,

2, and 3 is shown in Figure 3. The pattern could be due to either density or thickness

variations. Visual observations confirm that the IML surface varies radially in a pattern

similar to that seen in the inspection, accounting for at least a portion of the inspection

result. Since the pattern repeats at a distance similar to the band width, it is
hypothesized that consistent non-uniformities in band thickness were magnified when

the bands of Similarly-oriented plies were stackedl Band thicknesses implied by limited

measui'ements Of intraband tow/ocati0ns Support this hypothesis .....

_L

Flgure 3: Pulse Echo Amplitude Map for Panel 3 (5 Mz, 12 dB
Whiteout)

Pulse-echo inspection of the braided frames indicated localized defective regions in the

inner chord of the six frames with modified fiber architecture (24k axial tows were used

in place of 18k tows to increase the frame axial stiffness) fabricated for Panels 4 and 5.
Photomicrographs taken in the defect areas of the frame trim revealed microcracks at

the laminate midplane as shown in Figure 4. For comparison, Figure 5 shows a similar

micrograph taken from a defect-free region. It is believed that these microcracks, which

were only evident on the frames with a higher percentage of 0" yarns, were caused by

residual stresses developed during molding. A contributing factor to the creation of

14



microcracksmay be the increasedfiber volume in the INVAR mold, which was not
modifiedto accommodatethe thickerpreforms,causing the tool to bulge during the
RTMprocess. Threeof the frames were trimmed such that all defect regions fell in the

trim areas and these frames were mechanically attached to Panel 4. Fasteners (3/16

in. diameter) were installed in the inner frame chord of Panel 5 as shown in Figure 6 to
prevent any delamination growth during testing.

Flgure 4: Mlcrograph of Inner Frame Chord - Defect Reglon

4.5 Attachment of Frames, Failsafe Chords

The frames for Panels 4 and 5 were mechanically attached to the skin through the
fiberglass tear straps using 1/4 in. removable stainless steel Hi-Loks. The failsafe

chord were mechanically attached to the frames of each panel using 3/16 in. removable
stainless steel Hi-Loks.

4.6 Edge Doublers

Load-introduction doublers were fabricated for each pressure-box test panel and

provided, with appropriate fasteners, to NASA Langley Research Center (LaRC) for

installation. The doubler configurations for each panel are detailed on the panel

assembly drawings contained in Appendices A through E.
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Figure 5: Microgr_ph of Inner FrameChord - Defect-Free
Region

The doublers located between the frames are needed to reduce fastener bearing

stresses in the skin under ho0p loads iho_uc__2 =psT pre_su_ _ These doublers

are identicalTor all five benchmar_ p_ The_/-ex_eii_ Tn from the panel edge

approximately 5 in. and are made of constant thickneSs (0.071 in.) tempered aluminum.

They are attached to the skin using 5/16 in. diameter steel fasteners, at a minimum

fastener-to-fastener spacing of 5 diameters, and a minimum fastener-to-edge spacing
of 2.5 diameters. The doublers also contain circumferential slots at close intervals to

minimize their axial stiffness, and therefore their influence on axial load distributions.

The doublers located between the stringers along the curved edge serveadual
purpose, both resulting from the absence of load introduction directly into the stringer

caps. First, they adjust the neutral axis of the axially loaded section to match that of

the combined stringer/skin-pitch, thereby minimizing localized edge bending moments

on the panel when applying an axial loading. Second, these doublers serve as beams

between two adjacent stringers and assist the skin in distr_uting axial !oadlng t_ the
stringer flangesithese beams behave witha measure of end-fixity at their connection to
the stringer flanges.

The thickness and length of between-stringer doublers vary for each panel, depending
on the required neutral axis shift and the axial load requirements. All of these doublers

are step'tapered tempered aluminum, with the thickest step at the curved edge of the

panel and the thinnest step nearest the frame. Between the stepped doublers and the

skin, a standard gauge aluminum sheet whose thickness exceeds the stringer flange
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thicknessis to be installedto create a shimmablegap between the steppeddoubler
and the flange.

///////, --_

4
m

IL

o,Lqo- o _q3

i3,A (...(__3_',_ _

U,N_E.2. C._LLA P..

I

I

Figure 6: Locatlon of Delamlnatlon-Contalnment Fasteners
on Panel 5 Inner Frame Chords
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The doublersfor Panels2 through5 extend approximatelyhalf the distance from the

panel edges to the outer frames. This distance is sufficient to properly introduce the

maximum axial load (1110 lb./in.) that is required for these panels. They are attached
to the skin using 5/16 in. diameter steel fasteners, at a minimum fastener-to-fastener

spacing of 5 diameters, and a minimum fastener-to-edge spacing of 2.5 diameters.

The higher axial load requirement for Panel 1 (5000 lb./in.), requires that several

modifications be incorporated in the doubler design. First, the doublers are extended to
the outer frame flanges to increase the load transfer area. Second, the doublers are

bonded using room-temperature adhesive to avoid a severe bearing/bypass condition
encountered with a bolted configuration in conjunction with the higher axial loads.

Third, the _0 thinnest steps of _the doublers are Slotted in the longitudinal direction to

reduce the hoop stiffness, and thereby avoid adversely affecting the panel test-section

strain distribution. The two thickest steps are not slotted in order to preserve the
integrity of the stringer-to-stringer beam concept.

The doublers in the corner Skin bays are required to-_rform the functions of both the

between-frame and between-stringer doublers_ in addition, coupling of the axial and

hoop loading must be minimized. The doubler details vary for each panel, but have
similar configuration. The thickness profile in the longitudinal direction, the attachment

method (i.e., mechanically fastened or bonded), and the longitudinal slotting for a given
panel's corner doublers are identical to its between-stringer doublers. The standard

gauge aluminum sheet is also present to create the shimmable gap between the
doubler and the stringer flange.
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5.0 Benchmark Panel Finite Element Analysis

Finite element analysis was conducted to support the development of test fixturing, and

provide predictions of undamaged panel response. Modeling had also accompanied

earlier ATCAS pressure-box development activities, including (a) box design, (b) test

fixturing design, and (c) undamaged and damaged predictions for Panels 13 and 1lb.

For completeness, the following discussions contain descriptions of work conducted

under ATCAS and this contract. Modeling activities were closely coupled, as lessons
leamed from ATCAS activities were applied to the current modeling effort.

The pressure-box test fixture was developed to study the effects of combined loading

on curved fuselage panels. Of specific concern are the influence of the combined

loading and the curvature on axial and hoop damage tolerance. The fixture is shown in

Figure 2. Loading is applied to the test panel through axial load actuators and pressure

on panel's inner surface. The pressure is reacted in the hoop direction by skin and
frame restraints.

In developing the test fixture under ATCAS funding, it was desired to simulate the

boundary conditions present in a full fuselage shell. A full-shell model, with estimated

properties was developed and analyzed at NASA LaRC. Due to the coarseness of the

mesh and the approximate properties, only limited comparisons of test panel response
were made with this model. Some additional limited studies were made with the test

panel model by removing the test fixturing, extending the model several bays in both

the hoop and axial direction, and then applying symmetric boundary conditions along

these edges. Most comparisons, however, were made with results obtained by

applying symmetrical boundary conditions along the edges of the test panel, after the
test fixturing was removed. This is the least accurate of the three "reference" solutions,
but was the most accessible and cost-effective choice.

5.1 Modeling Details

The models are based on an assumption of two mutually perpendicular planes of

symmetry, intersecting at the geometric center of the test apparatus. As shown in

Figures 7 and 8, this makes it possible to confine the area of the models to one quarter

of the actual structure. Note that this assumption restricts the models to damage

scenarios which are symmetric about the panel centerlines. Several element types are
used in the models as described below:

Composite test panel skins, stringers and frames

Composite skin damage region
Steel axial and hoop load plates
Load introduction doublers

Finger grips
Load Actuators

4-noded shells

8-noded shells

4-noded shells

8-noded solid bricks

3D beams

3D beams
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REGION MODELED

Figure 7: Modeled Region of Pressure-Box Test Setup

As an example of model size, the undamaged Panel 1l b model has approximately

2,500 elements and 13,900 active degrees of freedom, while the damaged model has
2,650 elements and 15,600 active degrees of freedom.

Figure 9 illustrates the model global coordinate system. The test panel represents a

section of a 20-foot diameter cylindrical fuselage structure. The origin of the model's

global coordinate system lies on the axis of that cylinder. Axial strains were designated

ell for any part of the model which can sustain axial response. All hoop responses are

designated e22. Frame webs have their radial response components designated e11.
This convention eliminates confusion in interpreting response contour plots for the

entire panel. For example, plots of strain component e22 is hoop strain in the skins and
frame webs.
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ral Pressure (Hoop)
Reaction Beams

HOOP PLATE
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22" Damage
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I t11111tl BUTTLZNE

ZERO

Axial Actuator

Flgure 8: Finite Element Model of Pressure-Box Test Setup

A very important modeling detail is the simulation of the load introduction region along

the panel's edges. The modeling strategy for the hoop edges is shown in Figure 10.

The laminate skins and load plates are modeled with shell elements, the doublers with

solid elements, load grips with beam elements. The fasteners are treated as perfectly

rigid, allowing the pieces in the grip region to be linked using constraint equations

through ABAQUS Multi-Point Constraints (MPC) Type 7. Successive analyses

confirmed the need to discretely model grips on both sides of the panel, with each grip
located at its correct radial distance from the centerline of the cylinder. The constraints

representing the fasteners through the slotted grip holes were accomplished with

equations connecting the hoop and radial displacements of pairs of nodes together
while leaving their relative axial displacements and all rotations unconstrained. The

constraints representing the fasteners through unslotted holes connected all three

translations but not the rotations of two specified nodes.

21



X

Modeled Panel I

y Quadr_ I/.. tI_ _ -- "\

/ _ \ , /XI '_.""7 ..sl I

) / /

\ / ._ _ _
Z (cylinder axis) \

Figure 9:

Alum. Load

Gr/F_.pSkin(shelk_)

Global Coordinate System for Rn|te Element Model

v

"l's,ot. I
I MPC7 I

Figure 10: Modeling Strategy for Hoop Edges

Figure 11 illustrates another interesting feature of this model. When modeling relatively

thin monocoque shell structure, a significant reduction in computational time is

achieved by sharing nodes between skin elements and frame and stringer flange
elements. This reduces the number of nodes in the model, the bandwidth of the

stiffness matrix, and eliminates the tedious "tying" of discretely modeled elements
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(MPC's,bar elements,etc.). The lackof offsetbetweenthe skinand flangeelements
wasfound to have only a small effect on the overall accuracy of the results.

Thickness i
of Frame

Web --'7

"JI Thickness of Frame

_--.-_L"-- Web and F-Flange

II
II

-- -_ - _-=__- ..... ._ _ _.
1 !

Thickness of Skin Thickness of Skin
and Frame Flange

Figure 11: Modeling Strategy for Interfaces Between Skin,
Frame Flange, and Stringer Flange Sections: Shell
Elements Sharing Nodes

Figure 12 illustrates details of the fine notch-tip mesh used in ATCAS models with the

22" notch severing the skin and central frame. In the region of the crack tip, shell

element dimensions are just slightly larger than the thickness of the laminated skin

(~ 0.091 in.). In addition, the elements nearest the crack tip have second order shape

functions (8 node shells). The primary reasons for this additional refinement are: (1)

increased accuracy of a higher order element in a region of very high strain gradients

and local bending, (2) the four integration points of the 8-node shell provide a

calculated strain value at a point closer to the crack tip, and (3) the option of simulating

a local singularity (e.g., infinite stress) at the crack tip by moving the mid-side nodes of

the elements adjacent to the crack tip to quarter point positions.

Load is introduced into the model through pressure acting perpendicular to the inner
panel surface and through the loads simulating the actuators. The importance of

locating the load actuators to align with the vertical centroid of the panel cross-section

cannot be overstated, since misalignment causes a pitch bending moment on the panel

to which the axial strain distribution is very sensitive. When calculating this vertical

centroid, the area of the slotted hoop-edge doublers should be neglected since their

slotting renders them ineffective in carrying axial load.

The skin, stringer, and frame properties used in the analyses are contained in Tables 6,

7, and 8, respectively. These skin and stringer laminate properties were calculated

using lamination theory based on the ply properties given in Table 9 and the layups

defined previously in Table 3.
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Flgure 12:

/ /,4 • t , I_...

Second Order Elements Cot @'_Jc_,a/

Square RootSingularity at Crack Tip

z = Ii.0

Refined Crack-Tip Mesh

Panel 1

Panel 2

Eaxial

(msi)

5.37

5.37

Ehoop

(rnsi)

9.11

9.11

Oaxial-hoop

(msi)

3.06

3.06

vaxial-hoop

0.271

0.271

Panel 3 5.00 7.65 3.55 0.351

Panel 4 5.98 5.24 3.05 0.445

Panel 5 5.34 6.33 2.94 0.361

Table 6: Skin Laminate Stiffness Properties Used in Finite

Element Analyses

Eaxial Eh_ Gax_-_ VaxN-h_

(msi) (msi) (msi)

Panel 1 7.89 6.80 3.04 0.365

Panel 2 7.89 6.80 3.04 0.365

Panel 3 10.05 6.58 2.45 0.315

Panel 4 11.82 5.66 2.59 0.383

Panel 5 11.16 5,92 2.72 0.384

Table 7: Stringer Laminate Stiffness Properties Used in
Finite Element Analyses
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Ehoop E_ransverse Ghoop-_'ansverse Vhoop-_'ansverse

(msi) (msi) (msi)

Panel 1 7.76 8.02 1.99 0.187

Panel 2 7.76 8,02 1.99 0.187

Panel 3 7,76 8.02 1.99 0.187

Panel 4 9.05 7.28 1.86 0.188

Panel 5 9.05 7.28 1.86 0.188

Table 8: Frame Stiffness Properties Used in Finite Element
Analyses

Ell E22 G12 v12

(msi) (msi) (msi)

AS4/938 Tow 19.80 1.37 0.68 0.32

AS4/3501-6 Tape 19.80 1.37 0.68 0.32

IM6/3501-6 Tape 21.09 1134 0.70 0.33

75% AS4/938 16.60 1.51 0.70 0.31
25% $2/938

Intraply Hybrid

Table 9: Ply Stiffness Properties Used to Calculate Skin and
Stringer Laminate Stiffnesses

Geometrically nonlinear analyses were pursued to capture the interaction of the internal

loads and the panel deformations. Of particular concern for the undamaged conditions
evaluated under this contract were the outward deflection of the skin between the

stiffening elements (i.e., pillowing) and the rigid radial motion of the test panel. The

panel response's dependence on this load-deformation interaction was confirmed by
results. For example, the linear-elastic mid-bay hoop strain in Panel 5 was found to be

3065 _in./in., while for a geometrically nonlinear solution, it was 2525 _in./in., a 20%

reduction. The nonlinear results were also found to more accurately predict the test
response of Panel 11 b.

5.2 Design Support

The finite element models were used to support the development of test fixturing,

specifically the panel-edge doublers. Analyses indicated that the between-frame

doublers were acting as axial load sinks, causing the axial strain to vary significantly
across the panel width. Circumferential slots were added at close intervals to axially

soften these doublers. The slotting was simulated using an orthotropic material and

reducing the axial stiffness by two orders of magnitude. Nonlinear simulations with this

modification produced significantly more uniform strain distributions in the test panels

and considerable reduction in load build-up in the doublers.
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Development of the doublers along the panels' curved edges was also very closely

coupled with the finite element models. As discussed previously (Section 4.6, Edge

Doublers), these doublers are necessary to adjust the neutral axis of the axially loaded

section to match that of the combined stringer/skin-pitch and to beam loads into the

stringers. The stringer caps are not loaded directly, and receive loading only through

shear transfer from the attached flanges. In initial designs, these doublers extended

from the panel edge to the outer edge of the frame flanges. Even with stepped

thicknesses, the analyses indicated significant influence on the strain distributions in

the central bays, which constitute the test section. To overcome this and still provide
for load transfer: into the stringer fiangesl the doubler region over the skin was

"scalloped" back approximately half the distance to the edge. The doublers still

extended along the stringer flanges to the outer frame flanges. Analyses indicated a

significant improvement in the central-bay strain distributions. This concept was used
on Panel 1lb.

Further modifications in these doublers were indicated by analyses of the Panels 1

through 5. For Panels 2 through 5, the reduced axial load requirements allowed the

doubler extensions along the stringer flanges to be eliminated. The high axial load
associated with Panel 1, however, required a return to the original doubler design that

extended t0 the outer frame flanges. Predictions indicated these r doublers were

adversely affecting the hoop strain distributions. Longitudinally oriented slots were

therefore added to the thinnest two steps to reduce the hoop-direction stiffness. The

doublers were modeled with eight elements comprising the total axial length, and the

four elements nearest the outside frame were softened progressively toward the frame

by reducing the hoop modulus of elasticity. The reduced modulus values were

manually calculated to include the inplane bending and inplane shear of the fingers

acting as cantilever beams, as well as the effects of circumferential tension and inplane

bending of the non-slotted portion of the doubler.

5.3 Model Results

Finite element results for Panels 1 through 5 are contained in Appendices G through K,

respectively. These results consist of strain plots, as identified in Table 10. As

indicated, most of the results are from nonlinear elastic analyses. The end bay results

are from linear elastic analyses, which differed only slightly from nonlinear analyses.

Panel 1 results are also for linear elastic analysis due to convergence difficulties with

the nonlinear case (discussed below).
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Axial,

Axial,

Axial,

Hoop,

Hoop,

Hoop,

Appendixcontainingresults

Axial Load(lb./in.)

Pressure(psi.)

completepanel

skinOML(1),all bays

skin IML(2),all bays

completepanel

skinOML(1),all bays

skin IML(2)all bays

Axial,stringer,endbay

Axial,doublers,end bay

Hoop, doublers, end bay

Panel Number

1 4 5

G

5000

13.8

Linear

Linear

Linear

Linear

Linear

Linear

Linear

Linear

Linear

Notes: (1) OML Plots Denoted "Section Point 1"
(2) IML Plots Denoted "Section Point 5"

Table 10:

2 3

H I

1110 1110

18.2 18.2

Nonlin. Nonlin.

Nonlin. Nonlin.

Nonlin. Nonlin.

Nonlin. Nonlin.

Nonlin. Nonlin.

Nonlin. Nonlin.

Linear Linear

Linear Linear

Linear Linear

Finite Element Strain Plots Contained in
Appendices

1110

18.2

Nonlin.

Nonlin.

Nonlin.

Nonlin.

Nonlin.

Nonlin.
. .... ,=,.

Linear

Linear

Linear

K

1110

18.2

Nonlin.

Nonlin.

Nonlin.

Nonlin.

Nonlin.

Nonlin.

Linear

Linear

Linear

The strain plots for the undamaged versions of the 3-stringer configurations (Panels 2

and 3) and for the 4-stringer configurations (Panels 4 and 5) illustrate the behavior of

the major elements of the panels. All of these responses agree with the expected

results. For example:

• skin pillowing is plainly visible between frames and stringers as well as between
end frames and axial doublers

• bending of the stringers as beams transmitting some of the pressure load to the
frames is evident

• mousehole-induced bending in the frames, predominantly hoop tension
members, is minimal

strain concentration in the stringer flange at the edge of the mousehole for

Panels 2 and 3 is reduced by the narrower mousehole configuration for Panels
4 and 5

Panel 1 is unique among these panels due to its high axial-load requirement. The

strain plots for the undamaged version of this 4-stringer configuration illustrate how the
axial strains dominate the panel cross-section. The Poisson effect is such that the skin

tightens over the stringers, applying forces on the stringers large enough to overcome
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the forces from internal pressure, thus bending the stringers inward. Skin pillowing is

practically eliminated by the combination of high axial loading and Poisson effect. The

high axial strain in the skin at the tip of the end frame was unexpected and has

persisted throughout the model development; slotting the hoop edge doublers reduced
this strain by about 10%, but it remains the maximum strain in the skin, It should be

noted that bolt holes are needed in this region for the attachment of pressure box grips.
This high strain is likely a result of the inability of the corner axial doubler to gradually

transfer applied tension load into the panel over the length of the end bay. The doubler
behaves instead as a tension strap between its loaded end and the end near the frame.

Between-stringer doublers can beam applied loads to the stringers, but the comer

doubler is located between a stringer and the unstiffened panel edge which works to a
high strain due to its low area as a doubler beam support.

The higher axial-load condition associated with Panel 1 (i.e., 13.8 psi internal pressure
and 5000 Ibs./in. axial load) caused solution difficulties. This axial load is 6 times the

bulkhead loa_ associated with 13.8 psi internal pressure. The combination of large
axial loads and the edge moments induced by the axial-load doublers led to extreme

convergence problems with the radial forces in the hoop grips. Forces normal to the
panel at these grips were observed to reverse sign with each iteration.

• Significant effort was expended to obtain a complete solution of this panel configuration
and loading. Among the approaches attempted were:

' 2

Applying the intemai pressure and axial load Separately (two step solution).Q

2.

.

4.

Applying the pressure and equivalent

remaining axial load (two step solution).

Permutations of the above two schemes

Direct dynamic integration of the system

bulkhead axial load, followed by the

(three step solutions).

with a variety of damping schemes.

In all cases, the solution was unable to progress beyond approximately 38% of the total

axial load, (i.e., 1900 Ibs./in. or 2.3 times bulkhead load). A very similar problem was

encountered when Panel 5 was modeled with high axial loads. In this case, the

solution was terminated after 2 hours of CPU time (at approximately 4 times the

bulkhead load) since the step size had become excessively small.

These solution difficulties may imply local "snap through" or other unstable behavior

along the hoop edge of Panel 1. Close observation during testing may confirm this.

The cost of a nonlinear analysis can vary significantly, but in general, a simulation in

which the axial load is equal to the equivalent bulkhead pressure runs roughly 5 to 6
times as long as the linear case. When running on Boeing Computer Services' CRAY

YMP, the CPU time for a linear run is approximately 85 seconds, while a '_vell behaved"

nonlinear run takes approximately 480 seconds. Computation time increased

considerably for nonlinear simulations of test panels with large cracks and severed
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frames, or with large axial loads were performed. For some of the less well-behaved

runs, 3600 CPU seconds was observed.

5.4 Comparison with Panel 11b Test Results

The following paragraphs discuss comparisons of the pretest finite element predictions

with measured results obtained during the undamaged testing of Panel 11b. In
instances that test measurements were taken at corresponding locations in multiple

quadrants of the panel, the average of these values is compared to the prediction.

Skins. Correlation to measured hoop-direction skin strains was quite good, generally

being within 10% for both Outer Mold Line (OML) and Inner Mold Line (IML) strains.

Strain gages for measuring hoop strains were arranged along a meridian through the

center of the panel, also known as butt line zero (BL0). Gages were located in the

centers of the skin bays as well as adjacent to the frame members. In all cases, the

analysis predicted positive in-plane bending moment due to hoop strains (i.e., OML

strains were larger than IML strains), This proved to be the case for five out of the six

locations at which hoop strains were measured.

The predicted axial strains compare more closely to measured IML strains than OML

strains. In addition, significant variations of corresponding quadrant-to-quadrant strains

indicated a lack of symmetry in the fixture and the loads. In spite of this, the correlation

was within 20% for the four skin bays which flank the two center bays. In the center

bays (i.e., along BL0), the predicted IML strains were 17% low, on average, while the

predicted IML axial strains averaged 37% less than measured strains.

Stringers. Axial strains along the stringers were measured on the outer skin surface

coincident with the stringers and on the innermost surface of the stringer cap.

Observed bending strains were qualitatively as predicted, being (a) positive between

the frames and (b) negative in the mousehole region. The axial strains along all four

stringers were predicted to be similar. Test strains were within 15% of the predicted

values for the outer stringers, but were between 200% and 300% higher than predicted

for the inner stringers.

Frames. The analysis consistently underpredicted the hoop strains in the frame

flanges and webs, being approximately 20% low in the two end frames and 50% low in
the center frame.

Loads and Deflections. The analysis substantially underpredicts the loads in the

frame reaction beams and the radial deflection of the panel. In particular, the

deflections along BL0 are 100% larger than predicted while those between the inner

and outer stringers were between 25% and 50% greater than predicted.

Discussion. The larger deflection observed along BL0 for the actual panel, along with

greater axial loads and bending for the inner stringers suggest that the test fixture
differed somewhat from that assumed in the model. Good correlation between

predictions and actual strains in the skin and much of the stringers indicates that the
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skins, stringers, frames, steel plates, loading grips, and aluminum doublers were

accurately modeled. Possible causes of the differences include:

1. Differences between assumed and actual location of the axial actuator with

respect to the neutral axis of bending of the test panel

2. Differences between assumed and actual stiffnesses of the skin and frame hoop
reaction beams.

3. Mechanical slack in the hoop reaction systems

4. Bending of the hoop reaction pins

5. Preload in the hoop reaction systems

_ A _rie_ pararnet_c study wasPe_orrned tOi?vaiuate the Second of these mechanisms.

Linear elastic analyses were conducted with varying hoop reaction stiffnesses.

Improved correlation with experimental results was obtained, specifically with reduced
stiffness of the skin restraint beam and increased stiffness of the center-frame restraint

beam. Nonlinear large deflection analyses would be required to confirm the trends and

quantify the optimal modifications.

30



6.0 Strain Softening Model Development

6.1 Background

Structural damage tolerance analysis consists of four interrelated steps, as shown in

Figure 13. Structural configuration factors relate the stresses or strains in the damaged

structure to a relatively simple reference configuration (e.g., unstiffened flat plate with
infinite width) as a function of structural pai'ameters (e.g., stringer type, spacing,

stiffening ratio), and are typically determined from analytical simulations augmented

with experimental measurements. Progressive damage models determine, for any

damage condition, the load level that causes damage growth and the direction in which

growth will occur. Load redistribution analyses quantify stresses shared with adjacent

elements as a function of damage size. This, in conjunction with progressive damage

models, determines the stability and arrestment of the damage growth. Finally, as

damage growth continues, structural failure occurs when an insufficient amount of load

redistribution capability exists in the remaining structure.

Iiiiiiiii !!!!iiiiiiiiiiiiiiiii
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Figure 13: Interrelated Steps for Structural Damage Tolerance
Analysis

Extensive thin-laminate testing within ATCAS identified significant limitations of current
methods to predict tension fracture response in composites for a wide range of notch

sizes, materials, laminate layups, and specimen geometries. Semi-emperical failure

criteria for composite laminates have routinely used curve fits of notched strength data
corrected by elastic finite width correction (EFWC) factors. Significant errors in this

approach are possible, and are related to the size of the notch tip damage zone,

specimen geometry, and the assumed EFWC factor. Specimen geometry effects for

several materials and layups were found to be much stronger than predicted by EFWC

factors. Those materials and layups most strongly affected by specimen size were
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found to have relatively low small-notch strength, but relatively high large-notch
strength and decreased notch sensitivity.

Figure 14 schematically poses an explanation for residual strength data trends that

deviate from LEFM for relatively small notches. The solid residual strength curve
shown in the left schematic is representative of much of the fracture data collected for

ATCAS. Note that the curve does not follow LEFM for most notch sizes. Empirical
modifications to LEFM using point stress or strain characteristic dimensions were also

unable to correlate With test data for the wide range of notch sizes Studied, When

allowing the characteristic dimension to vary with notch size (essentially the same

approach as pictured in the right schematic), empirical fits of test data were possible.

Notched Effective
Strength K

C

Requires Higher Order

Theories or Progresslw

Damage Simulation

Notch Notch
Length Length

Figure 14: Schematics of thin laminate fracture behavior
based on observations from the ATCAS database
(Ref. 8).

6.2 Justification

Analysis and tests to quantify progressive damage in composite laminates is crucial to

interpreting results from coupon data. In structures, damage accumulation in the skin

affects load redistribution to stiffening elements, the associated stable or unstable

growth, and residual strength. It is desirable to develop an accurate and efficient

method of simulating progressive damage growth, suitable for the analysis of
configured composite structures.
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Three advancedmethodsfor simulating the effects of composite microstructure and

progressive damage growth have been studied during the course of ATCAS crown
tension fracture studies. Each model used finite element formulations to account for

specimen size effects. These included Cosserat mechanics (Cairns, et al, Ref. 9),

Stanford University progressive damage analysis (Shahid and Chang, Ref. 10), and

strain softening laws (e.g., Ref. 11). The current work focuses on strain softening

analyses. Results from studies with the other two models will be summarized when

appropriate.

Materials that exhibit a strain softening response can appear brittle in tests that involve

limited load redistribution. For example, composite materials tested in coupons

subjected to static uniform load conditions tend to fail abruptly at a maximum stress

level. Figure 15 shows stress versus strain curves for two strain softening materials,

each responding in a similar manner until a maximum stress level (point B). Between

points O and A, linear elastic response is evident. Uniform damage accumulation

would occur for the materials subjected to stress levels between points A and B. In the

case of uniformly loaded specimens, damage would localize for each material shown in

the figure at the same maximum stress level, resulting in failure. Those portions of the

specimens in which damage localizes would dynamically unload at failure along the

downward slopes shown in Figure 15. The rest of the specimen would retract

elastically, suggesting an apparent brittle response. Unless special instrumentation

was used to capture locally high strains occurring during the dynamic unloading event,
little difference between the two materials shown in Figure 15 can be observed under
static uniform load test conditions.

Differences in a material's strain softening response is more easily observed in notched

coupons or in structures capable of load redistribution following damage localization.

Damage is forced to localize near the stress concentration in a notched coupon. As

shown schematically in Figure 15, characteristics of the unloading curve will effect the

notch tip damage zone which develops to redistribute local stresses prior to failure.

The observed notched strength will depend on specific characteristics of the strain

softening curve, notch size, and specimen geometry. Several studies have shown the

merits of using strain softening analysis to predict notched tension and compression

properties of composite laminates (e.g., Refs. 12-14). A more complete documentation
of the use of strain softening methods for analyzing the fracture and collapse of

engineering structures is discussed in a book by Bazant and Cedolin (Ref. 11). As in

the case of difficult stability problems, efficient nonlinear solution schemes must be

applied to obtain accurate and timely results. To date, most engineering applications

using strain softening analysis have come in analyzing inhomogeneous materials used

in the building industry (e.g., concrete).
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Figure 15: Stress-strain curves for strain softening materials

Composite damage mechanisms that would effect the strain softening curves shown in

Figure 15 include matrix cracking, delamination, fiber failure, fiber bundle pullout, and

local scissoring of angle plies. Distributed damage occurring between points A and B
of the strain softening curves in Figure 15 have little effect on the overall stiffness.

Composite laminate damages occurring in this part of the curves are limited to matrix

cracking, delamination, and isolated fiber breaks. Beyond point B, large drops in the

stiffness are evident, suggesting significant fiber failure. Initial unloading portions of the

strain softening curve for different composite laminates may be predicted using
micromechanical considerations of the statistical nature of fiber failure and a shear lag

model for fiber/matrix interaction (Ref. 13). Methods to predict failures when a complex

damage state exists near the ends of a strain softening curve (over the large strains

approaching points C or C' in Figure 15) appear less feasible. For example,

delaminated angle plies that contain matrix splits may undergo large deflections and

twisting when uncoupled from the constraint of axial fibers. Although such energy
dissipation mechanisms seem insignificant, later discussions will show that the end of

the strain softening curve can have a pronounced effect on large notch strength.

The progressive damage analysis developed at Stanford University (Ref. 10) under an
ATCAS subcontract simulates local laminate stiffness reduction associated with matrix

cracking, splitting, and fiber failures on a ply-by-ply basis. The Stanford progressive

damage analysis has shown reasonably good correlation with the ATCAS database for
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unstiffenedcouponswith notch sizes up to 2.5 in. To date, results have not been
obtained for larger specimens and configured panels. The Stanford finite element

analysis may not prove efficient when directly applied to configured structures that have

large damage growth, load redistribution, and competing failure modes. However, the

tool could prove valuable for determining the laminate strain softening curves suitable

for structural progressive damage analysis. Since a method to account for the effects

of delamination has not yet been added to the Stanford finite element code, some

experimental fracture data may also be needed to quantify the complete strain

softening curve.

Fiber failure must occur in laminate layups typical of composite structures to justify the

large strains and reduced stiffness assumed as damage localizes in a strain softening
simulation. As shown in the schematic of Figure 15, a concentrated stress state and

load redistribution to surrounding elastic material allows the stable development of a

damage zone and local unloading to occur. Material taken from a notch tip damage
zone provides a direct method for determining if strain softening is occurring prior to

failure. Some ATCAS fracture tests were stopped short of failure to characterize notch

tip damage occurring in composite laminates. The largest test stopped short of failure
was a curved tear strap panel (122 in. radius) with an initial notch size of 22 in. (Panel

13). This panel was loaded in a pressure box to 85% of the predicted failure load

(Ref. 5). Ultrasonic inspection (pulse echo and flexural wave dispersion) and x-ray of

the panel was used to map damage size. Figure 16 shows a schematic of the notch tip

damage zones and additional experiments performed to characterize the localized

damage states.

Fiber failure maps and tensile tests performed with specimens cut from the pressure

box panel are shown in Figures 17 and 18, respectively. Significant fiber failure was

evident in six of the thirteen plies. The fiber failures spanned most of the damage zone

width measured by ultrasonic methods. Note the discontinuous distribution of fiber

failures for the tow-placed laminate tested. Figure 18 shows the stiffness measured for
undamaged specimens were within 10% of the predicted laminate modulus. The

undamaged specimens failed at a strain level near 0.01 in/in. Test measurements for

specimens cut from the damaged zone indicated significantly reduced stiffness. The

damaged specimens did not fail when taken to strains above 0.02 in/in. This strain

level is much higher than the tensile fiber failure strain of AS4. In addition, the

extensometer used for these tests had a gage length of 1 in., which is probably much

larger than the length of the fiber failure zone over which the highest unloading strains

would be measured. Another interesting characteristic of the notch tip damage zone

was that the specimen cut closest to the notch tip did not have the lowest reduced

stiffness (see Figures 16 and 18). This may indicate a microstructural effect present

prior to the onset of damage or that damage closest to the notch tip is more localized

(resulting in lower strains measured over the 1 in. gage length). The fiber failure deply

maps and reduced stiffness measurements from tensile tests are characteristic of a

strain softening material.
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Pressure Box Tear Strap Panel at 85% of Predicted Failure Load
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Figure 16: Experiments Performed to Characterize Notch Tip

Damage Zones Occurring in Composite Laminates

Nonlinear elastic analysis and test results obtained for the curved tear strap panel prior

to the onset of damage accumulation indicated large notch tip bending strains caused

by the pressure load conditions (Ref. 5). As damage accumulated at the notch tip,

strain gage readings showed a shift in the peak strains to an area outside the damage

zone. This is believed to be an indication that less load is being carried through the

softened material. Direct measurements of the high inelastic strains occurring within

the damage zone would require the strain gage length to be centered over an area
equal to or smaller than that in which fiber _e |0ca/izes. Figure 17 shows that there

was only a slight tendency for fiber failures to localize towards the laminate outer

surface despite significantly higher initial tensile strains. This suggests that notch tip

damage accumulation and the associated strain softening curve may be complex for
pressure-induced bending, with delamination playing an important role in isolating plies.

A discrete model simulating such a complex damage state seems unreasonable.

Perhaps some combination of micromechanics for predicting initial failures and fracture
experiments would lead to the development of a strain softening curve suitable for

simulating bending failures for a given material and laminate layup. Strain softening

analysis efforts in the current paper are limited to developments for inplane load
conditions.
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Figure 17: Fiber Failure Maps of the Notch Tip Damage Zone

6.3 Developments and Findings

In order to implement a practical progressive damage model for composite laminates, it

was desirable to employ existing, commercially available finite elements with the

versatility necessary for modeling configured fuselage structure. The code ABAQUS

was selected because it has a variety of robust, nonlinear solution algorithms and is

capable of modeling strain softening response for orthotropic materials. Typical
nonlinear incremental loading schemes would not provide solutions for problems

involving strain softening because of an inability to track global unloading. The Riks
solution algorithm was employed with some success in early efforts. This method was

found to have numerical stability problems when applied to strain softening laws which

change abruptly by shifting to a steep negative slope after reaching the maximum
stress level (e.g., unload portion of dashed curve following point B in Figure 15). Such

curves, which were characteristic of some graphite/epoxy laminates, were simulated

with the help of dynamic nonlinear solution schemes.
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Figure 18: Tensile Test Results Indicating the Reduced
Stiffness of Strips Cut From Notch Tip Damage
Zone

General shell elements and an orthotropic strain softening material model from

ABAQUS were used to analyze laminate test results from the ATCAS fracture

database. These investigations concentrated on uniaxial load conditions perpendicular
to the axis of blunt notches. A Hill yield function was selected to simulate strain

softening as a function of any direction within an element; however, the choice of

interaction terms in this criterion were found to have little effect on the problems
studied.

Parametric studies were performed to determine how different characteristics of the

strain softening law relate to specimen size effects and notched strength. These

studies indicated that the maximum stress level and initial unloading portions of a strain

softening curve have the strongest effect on small notch strength for coupon sizes

typically used for composites. When considering larger coupon sizes typical of large

notch tests performed in ATCAS, energy associated with the rest of the strain softening
curve becomes much more important to residual strength. This relates to an interaction

between notch tip damage development and finite specimen width. In small coupons,

less notch tip softening is able to occur (i.e., incomplete unloading results in a smaller
damage zone) prior to specimen collapse. Strain softening analyses confirms the

experimental observation that small fracture coupons do not provide material

properties.
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Figure19showstypicalresultsfromstrainsofteninganalysesas comparedto the point
strainfailure criterion and ATCAS test results for flat unstiffened panels (Ref. 8). Strain

softening analyses were performed using finite element models of the specific

specimen geometry. The material and laminate layup in the figure are characteristic of

that used for minimum gage skin areas of the ATCAS crown design (see Figure 17).

The first part of the strain softening curve (initial modulus and maximum stress level)

used to make predictions in Figure 19 was developed based on unnotched strength

tests. Results from the parametric strain softening study was used to determine initial

characteristics of the unloading curve that best represent small notch test data trends

(up to 2.5 in.). The average test result for 2.5 in. notch specimens with W/D = 4 was

used to establish the final unloading part of the strain softening curve and the point
strain fracture parameter. The point strain parameter determined in this manner is

shown to over predict and under predict small and large notch test results, respectively.

When using smaller notches to determine the point strain fracture parameter,

predictions of large notch properties become even more conservative. The strain

softening analysis method seems to accurately predict small notch results but also

underestimates the large notch property.

Tensile Residual Strength (Ksi)
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0

im Test Result [] Strain Softening Analysis [] Point Strain Analysis J

m

0.875 in. Notch

AS4/938 Tow, Crown3-Hoop

(Same Stacking Sequence as shown in Figure 4)

2.5 in. Notch 12.0 in. Notch

Figure 19: Notched Residual Strength Analysis and Test
Results

Figure 20 compares strain softening and point strain analyses for another material and
laminate from the ATCAS test database (Ref. 8). The same procedure discussed in the

previous paragraph was used to determine a strain'softening curve and point strain
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fractureparameterfor the laminate. Note that the specimensusedto get an average
strengthfor a 1.25 in. notch in Figure 20 has W/D = 8. Despite the smaller notch size,

the average strength for a 0.875 in. notch (W/D = 4) is less than that for the 1.25 in.

notch. This indicates that a specimen size effect was stronger than the notch size

effect, giving the appearance of notch insensitivity. Past literature (Refs. 7, 15, and 16)
has shown nOtch insensitivity with very soft layups (e.g., [+45]r=) but little has been
done to quantify the relati0ns-hip with spe-ci-men-si-z-e. _:

Tensile Residual Strength (Ksi) _.

l[] Test Result [] Strain Softening Analysis [] Point S_lln Analysts

5O

;I --.+wn.a
(Transveme Direction of

Layup in Figure 4)
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0.875 in. Notch 1.25 in. Notch 2.50 in. Notch 8.00 in. Notch

(3.5" x 12") (10" x 30") (10" x 30") (36" x 90")

Center Notch Size

(Specimen Geometry)

Figure 20: Comparlson of Spec!men Size Effects for Notched
Residual Strength Analysis and Test Results.

Analysis comparisons with test data in Figure 20 indicate that the strain softening

methods had better correlation with small notch test results than did the point strain

approach. This included the ability to better predict the specimen size effect leading to

the apparent notch insensitivity exhibited by the two smallest notch sizes in Figure 20.

As was the case in earlier work by the authors with notched composite failure criteria

(Refs. 7 and 8), progressive damage analysis methods studied in ATCAS are being

judged based on an ability to scale relatively small notch test results to large notch

properties. Figure 20 indicates that both strain softening and point strain analyses

underpredict the largest notch result for "soft layups'. The fracture parameter for point
strain analysis would have to empirically vary with crack length and specimen size to

predict all results in Figure 20. This would limit its use to interpolation and it could not
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be usedwith confidencefor scalingsmalltest resultsto accuratelypredictlarge panel
performance.

A laminatestrainsofteningcurve that is suitablefor large panel scaling analyses may

be characterized from more complete test data correlation with a range of small

notches and differing coupon sizes. Such an engineering approach would benefit from

additional parametric studies to understand how various parts of a strain softening

curve affect fracture strength as a function of specimen size. This approach would only

be practical if it results in less test and analysis costs than an empirical database that
includes large notch data. The method of determining strain softening curves used in

current studies was strongly dependent on the 2.5 in. notch fracture data.

Conservative predictions of large notch strength appear to be a direct result of this

constraint. Some additional dependence on results from other small specimen sizes

would have changed the initial unloading slope and increased total energy under the
curve such that it still matched with test data for the 2.5 in. notch. Greater energy

under the curve would increase strain softening predictions for the largest notch shown

in Figure 20.

Significant differences in the fracture residual strength curves for ATCAS tow-placed

and hand laid tape laminates have been measured (Refs. 7, 8, and 17). These
laminates consisted of the same volume ratios of identical fiber and matrix types.

Differences were found to be negligible for unnotched and small notch coupons

(D = 0.25 in.). Tow-placed laminate fracture strength was significantly higher in the
range, 0.75 in. < D _<2.5 in. (W/D = 4). Figure 21 shows strain softening curves which

were found to predict differences in fracture strength measured for the two

manufacturing processes. The laminate layup is the same as that shown in Figure 17.

The strain softening material response is identical for the cases in Figure 21 until a

point where significantly more energy is evident in the tow-placed laminate unloading

curve. Experimental measurements for larger tow and tape fracture tests (D = 2 in.,

W/D = 4) confirmed that damage initiated in both material forms at the same stress

level (Ref. 17); however, the tow-placed laminate specimens were able to sustain

higher loads. This is consistent with physical reasoning posed earlier that the end

portions of the strain softening curve do not become important until larger notch and

specimen sizes are considered. Figure 22 shows additional evidence of differences in
tow and tape failure mechanisms observed in laminate impact damage. The

heterogeneous fiber failure, also noted for tow-placed laminate notch tip damage zones

(see Figure 17), is thought to be a function of a repeatable inhomogeneity produced at
the scale of tows used to form the laminate during automated placement processes.

Hypothetically, the tow placed material architecture results in more fracture energy
absorption due to dispersed fiber/matrix failures and additional unloading strains from

uncoupled plies.
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Figure23 illustratesextremesof the "strength versus toughness trade" observed in
tension fracture tests for materials and laminates from the ATCAS database (Refs. 1, 7,

and 8). The solid curve is characteristic of a hard laminate layup for the toughened

matrix material, IM7/8551-7. The dashed curve illustrates the apparent notch

insensitive behavior of a soft, tow-placed laminate layup consisting of an intraply hybrid

material, 25%S2/75%AS4/938. The strain softening curves shown in the upper right

portion of Figure 23 predict the trends shown in the residual strength curves.

The material response denoted "hard brittle behavior" in Figure 23 yields the highest

small-notch strengths, relatively small notch tip damage zones, insignificant specimen

size, effects, and a low fracture toughness. These traits are characteristic of a strain
softening curve with relatively high maximum stress but low total fracture energy.

Progressive damage analysis for this material would only benefit small coupon

predictions since the material response quickly converges with a LEFM curve. The

material response denoted "soft tough behavior" in Figure 23 yields low apparent

small-notch strengths, relatively large notch tip damage zones, significant specimen

size effects, and a high fracture toughness. These traits are characteristic of a strain

softening curve with relatively low maximum stress but high total fracture energy.

Progressive damage analysis for this material is essential because the entire residual

strength curve is strongly dependent on specimen size effects. High toughness
observed for intraply hybrids suggest that progressive damage analysis would be

crucial for even large structural scales.

Some ATCAS efforts have utilized strain softening analysis for progressive damage

growth in configured structures. Debugging of models that combine progressive

damage growth simulation and nonlinear geometric effects (caused by large local

deflections occurring with load redistribution in notched structure) has proved labor

intensive. Finite element substructuring also appears necessary to reduce computing

time. Future ATCAS efforts will explore:

1. economical and fast solution schemes for composite structures

2. experimental and analytical methods for determining strain softening laws and
interaction curves.

Similar trends to those shown in Figure 23 are likely to occur for notched composite

laminates loaded in compression. Future ATCAS studies will also explore the use of

strain softening analysis for compression. Generally lower unnotched compression
strengths for composites suggest stronger specimen size effects than noted for tension.

Some work on compression size effects for composites has been published (Ref. 14).

Also note that strain softening laws have been applied as a scaling method to predict
the inelastic collapse of building materials used in compression loaded structures (Ref.

11).
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Figure 23: Schematic of Strain Softening Laws That Predict
the Apparent "Strength Versus Toughness Trade"
Observed In the ATCAS Database (Refs. 1, 7, and
8).
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7.0 Frame/Skin Bondline Analysis and Test

7.1 Introduction

The Boeing ATCAS program selected a Family C (bonded stringers and frames) design

as baseline for the fuselage crown quadrant due to projected cost and weight savings

potential (Ref. 19). The baseline design configuration mouseholed the bonded frame

over the cocured hat stiffener as shown in Figure 24. Significant cost savings were

projected with this design that does not have stringer clips due to:

1. Elimination of clip fabrication costs

2. Elimination of costs for clip attachment to stringer and frame

3. Simplified panel cure tooling at the frame/stringer intersection (due to the

enlarged mousehole opening)

4. The ability to use hat-stringers which have lower fabrication costs (as compared

to blades or Js which are better for clip attachment)

5. The potential for wider stringer spacing with the more stable hat geometry

(significant cost savings documented in Ref. 20).

These cost considerations warranted technical studies of the mouseholed design detail

to judge whether a stringer clip or some other design modification would be needed to
meet performance requirements. Note that the cost savings described items 3, 4, and

5 from above may be possible with a design modification simpler than a traditional

stringer clip (e.g., strip that mechanically attaches frame and stringer flanges).

A Composite structure consisting of bonded stiffener and frame elements requires

control of the bonding processes and technical understanding of the related

performance issues. A key manufacturing issue for the concept shown in Figure 24 is

the control of cobonded frame processes for selected design details. The related

technical issue is the frame/skin bond integrity associated with loads from pressure

pillowing and compression postbuckled skins. The current study concentrated on

pressure pillowing loads since compression stability issues were not as strong an
influence for the crown quadrant design (i.e., this area of the fuselage is dominated by

tension load cases). _

Several technical groups coordinated efforts to study pressure pillowing of the bonded

frame design detail characteristic of the ATCAS crown panel. A number of design

modifications and process Variables were C0nsTdered in early ATCAS fabrication trials.

This provided parts for initial ATCAS frame pulloff tests (using a clamped fixture) at
Drexel University (J. Awerbuch and A. Wang subcontract funded by NAS1-18889).

Subsequent analysis performed at Boeing Helicopters (M. Fedro and P. Menguet) and

Drexel (funded by NAS1-19349) lead to a concern that the clamped test fixture used to
produce initial ATCAS results could not be directly related to pressure pillowing load

conditions in the fuselage. A new test fixture was developed for frame skin bond
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strength assessmentaway from the mousehole design detail (referred to as the

modified frame pulloff test fixture). Another new test fixture was designed for frame

skin bond strength assessment at the mousehole. Both new fixtures were analyzed

and designed under NAS1-19349. The fixtures were fabricafe_at N_AS_, {_angley.
Initial tests with these new fixtures were performed by the Mechanics of Materials

Branch at NASA (R. Martin and T. K. O'Brien). Test and analysis correlation was
perf_d-/Jnder NAS1-19349. A technical paper was presented at the 4th ACT

Conference (Ref. 21) to summarize glo_alysis (supporting design of the new

fixtures and data reduction) and static frame pulloff tests. Other supporting activities

performed by Drexel University subcontracts have included local finite element analysis

of frame pulloff fracture mechanisms and preliminary fatigue tests, respectively. The

mechanics of Materials, Computational Structural Mechanics (J. Wang), and Aircraft

Structures (M. Shuart) Branches at NASA Langley also helped perform analysis and
data interpretation.

Rgure 24: Baseline ATCAS Crown Concept With a Mouseholed
Frame Design Detail

The following documentation summarizes all studies that have addressed frame

pressure pillowing analysis and tests for the ATCAS crown panel design. This provides

a complete history of the technical work performed to date. The efforts of groups

funded by NAS1-19349, Task 2 will be highlighted.
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7.2 Clamped Pulloff Tests

Test elementsfor initial frame pulloff testing were machinedfrom panels produced
while developingmanufacturingprocessesfor the ATCAS crown design. Figure 25
showsthe specimengeometryand its dimensions. The skin plateconsistsof a 13 ply
AS4/938[+45/90/0/_+60/90/_+60/0/90/+45]laminate(nominalply thickness= 0.0074 in).
The top flangeof the J-framewasmachinedoff, resultingin an inverted'T' for testing.

As discussed in previous sections of this report, the crown frame is fabricated via the

resin-transfer-molding (RTM) process. The frame preform is a 2-D braided architecture,
with :t.-66" bias angle AS4 tows and 37% axial AS4 tows. The RTM resin system is

Shell's 1895, which is similar in performance to Hercules 3501-6. Assembly of the

frame/skin configuration is achieved via a cobonding and cocuring process. The frame

was cobonded to the skin plate with a 9 rail film adhesive of BASF Narmco 1515. A

triangular shaped 'noodle' was inserted at the base of the frame to fill the void created

during assembly. Materials used to create the 'noodle' were either the same braided

material used in the frame or the BASF Narmco 1515 adhesive. In certain coupons, a

thin flange plate was inserted between the frame and the skin plate.

Bralded Frame Flange

j_ R = 3.94

II " I f---"--._L

•/ 1.78 2.54 /

I

I- ,3o fi
I= 3. -I

Dimensions are given in mm.

Figure 25: Clamped Frame Pulloff Test Specimen

Initial ATCAS specimens were designated by four groups (J, K, L, and M), depending

on when they were received by the Composite Mechanics Laboratory at Drexel. Each
group was different in either specimen design or in the manufacturing process.

Variations in the design included geometry, 'noodle' type, and the addition of a flange

plate. A total of 28 specimens were tested, as listed in Table ! 1.
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It

SPECIMEN
NO.

NOODLE
TYPE

J-1 Adhesive

J-3

J-5(d)

Adhesive

Adhesive

MAXIMUM
APPLIED

LOAD

[N 0b0]

(311)

(283)

(3oi)

SITE OF
FIRST

CRACK( a)

DOMINANT
CRACK( b)

DOMINANT
DAMAGED

AREA( c)

,,| |

L R S

L
=.=

CRACK
INITIATION

LOAD

, [N0b, f)]

810 (182) 1383

503 (I13) 1259

729 (164) 1.338

667 (1.50) 1428

778 (175) 1148

64O (144) 1156

689 (155) 1379

885 (199) 1401

547 (123) 1205

489 (110) 1236

512 (115) 1165

867 (19_..........1148

1169 (263) 1481

1108 (249) 1592

983 (221) 1739

956 (215) 1396

1054 (237) 1375

992 (223) 1352

987 (222) 1317

1081 (243) 4315

721 (162) 1833

756 (170) 1744

1472 (331) 3078

1953 (439).,,, 3216

1223 (275) 2647

1721 (387) 3523

1415 (318) 2673

1544 (347) 3803

R

LL

S

S

J-6(d) Adhesive (321) ..... .R .... R S

J-8(d) Adhesive (258) R R S

J-9 Braided (260) R R S

J- 11 Braided (310) R R S

J- 12 Braided (315) L L S

J-13(d) Braided (271) L R S

J- 14(d) Braided (278) R L S

J- 16(d) Braided (262) L L S

K-1 LL

R,L

Braided (258) S,F,N

K-2 Braided (333) L S

K-3 Braided (358) R, L C S, F, N

K-4 Braided (391) L R S, F, N

K-1A Adhesive (314) C C S, F, N

K-2A Adhesive (309) C C F, N

K-3A Adhesive (304) L R S

K-4A Adhesive (296) R L S, N

L-I(e) Adhesive (970) L C S, F, N

L-2 Adhesive (412) L . C S, F, N

L-3 Adhesive (392) L C S, F, N

M-A(e) Adhesive (692) L C S, F, N

M-B(e) Adhesive (723) C C F, N
.=.

M-C(e) Adhesive (595) R C S, F, N

C(792)

(601)

AdhesiveM-D(C) R S,F,N

M-E(e) Adhesive R R S

M-F(e) Adhesive (855) R C S, N

a. R, L, C... Crack initiation site occurred along the Right or Left edge of base of frame, or
at the Center of frame (around noodle), respectively.

b. P,, L, C... Dominant crack progressed from Right or Left edge of base of frame towards the center of test element, or
from Center (around noodle), towards the right and/or left hand side of frame, respectively.

c: S, F, N... Faliure occurred inside Skin plate, Frame, and _oodle', respectively.

d. Test element contained also an additional flange plate inserted between the frame and the skin plate.

e. Width of sp_ime_a = 127.0 mm (5.0 inch). Width of all other specimens = 76.2 mm (3.0 inch).

Table 11: Clamped Frame Pulloff Test Results
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The J-series specimens shown in Table 11 were broken into four additional separate

sub-groups: a) Adhesive noodle, without flange plate; b) Adhesive noodle, with flange

plate; c) Braided noodle, without flange plate, and d) Braided noodle, with flange plate.
There were two different groups of the K-series specimens; those made with a braided

noodle and those made with an adhesive noodle. The L and M-series specimens were

all made with an adhesive noodle. No flange plates were used in the K, L and M-series
specimens. The J-series specimens were cut from small manufacturing trial panels,

while the K, L and M-series specimens were cut out from larger fuselage crown panels.

Initial ATCAS frame pulloff testing was performed using the clamped fixture shown in

Figure 26. A fixture similar to this has been used in past composite element pulloff

studies (Ref. 22). The load was applied along the web of the frame through two plates

which were affixed to the web. The specimens were loaded under the "clamp-clamp"

conditions. All testing was performed under stroke controlled mode on an electro-

mechanical testing machine (Instron, Model 4206). The specimens were subjected to

tensile quasi-static loading/unloading cycles, incrementally increasing the load up to
failure. Immediately upon damage initiation (observed optically and by acoustic

emission), the specimens were unloaded rapidly to approximately 50-80% of the

previous maximum load and accurate measurements of the crack extension and state-

of-damage were taken. In order to determine the effect of loading rate, three different

crosshead rates were used: 0.0254 mm/min. (0.001 in./min.), 0.1270 mm/min. (0.005

in./min.), and 1.270 mm/min. (0.05 in./min.). Complete failure was determined when

the specimen could no longer sustain any load.

:.:+:;:.:.:.:.:

......,.......,=

.._ ,i. ._ Pt_rad

_ .+::_.

No_ Th_ BolhI_ Frmlnd lb Hwl i

_ht CurvMum (122 In. radlul) ,,long frm ule

Figure 26: Clamped Frame Pulloff Test Fixture
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Damage initiation and progressionwere monitoredcontinuouslythroughout loading
usinga highmagnification(150X)closedcircuittelevisionsystem(CCTV). The length
of the cracksemanating from both ends of the frame and/or the 'noodle' region were
measured with a resolution of approximately 0.2 mm (0.008 in.).

For all specimens tested at Drexel, acoustic emission (AE) was used as an early

waming device for detecting damage initiation. For selected specimens, a detailed AE
data analysis has been performe_and a correlation between acoustic emission and the

actual damage progression has been established. Special emphasis has been placed
on identifying the emission generated by grating among the fracture surfaces. For

selected specimens, the fracture surface morphologies along the frame/skin bond line

were examined via the scanning electron microscope and X-radiographs were taken in
order to determine whether the crack front progressed uniformly across the width of the
specimen.

A typical load-displacement curve obtained during loading/unloading cycles of a

clamped frame pulloff test is shown in Figure 27. The specimen was unloaded

immediately following the detection of damage growth (via optical observations and

from acoustic emission). Each damage growth was accompanied by a sudden drop in
load which resulted from the fact that loading was conducted under stroke controlled

mode. The sharp decrease in load is indicative of unstable crack gro.wth. This

phenomena can be seen in every load-displacement curve, usually in the later
loading/unloading cycles. Initially, the specimen behaved linearly, as expected. The

nonlinear behavior during the unloading and reloading phases of each of the loading

cycles should be attributed primarily to the presence of damage in the test element. In

some specimens there is clearly a hysteresis phenomenon, indicating energy loss

during the load cycle. The amount of hysteresis decreases with load cycle. It should

be noted, however, that the load-displacement behavior incorporates the lumped effect

of the testing machine, the large deformation of the thin skin plate, and the extensive

damage growth. It is interesting to note that when the applied load reached the

previous maximum load, following each damage growth, the specimen resumed its

linear behavior. This behavior continues until the load reached its maximum. Beyond
that point, massive damage had occurred, to the extent that the frame and skin where

partially separated.

Following each unloading the extent of damage was measured optically through the

closed-circuit television system. Failure initiated either along the edge of the base of

the frame (defined here as frame termination point) or inside the 'noodle' region. In the

first case, the crack progressed along the specimen at the vicinity of the frame/skin

interface. A typical crack extension plot for that case is shown in Figure 28. The figure
clearly indicates that cracks had initiated at both ends of the base of the frame

simultaneously and during the first few loading cycles they progressed approximately at

similar rates. With further increase of the load the crack on the right hand side of the
frame progressed rapidly, in an unstable manner, while the crack on the left hand side

was arrested. This unsymmetrical crack growth behavior occurred in all test elements

in which the crack progressed along the frame/skin interface. This is expected since
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material inhomogeneities and the lack of perfect symmetry in either the far-field load or
in the crack-tip front, or a combination thereof, may cause different rates of progression
of the cracks in either side of the frame.

SPEC. NO. J-11
RATE = 1.270 mm/min

1600 I "_/_
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Figure 27:
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Load-Displacement Curve Showing the Applied
Loading/Unloading Sequence.
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Crack Growth Along the Frame/Skin Interface as a
Function of Far-Field Applied Load for the Same
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The main disadvantage of the clamped frame pulloff test fixture shown in Figure 26 is

that the specimen is statically indeterminate. As will be discussed later, the bending

moment at the tip of the frame flange is the primary load leading to failure and cannot

be determined directly. This bending moment can be determined through more

detailed analysis, but the accuracy is then dependent on stiffness properties and exact

boundary conditions. Another potential difficulty is that some of the nonlinearity was

observed in the load versus displacement curve due to in-plane membrane forces

caused by the large out-of-plane deflection and the deflection reduces the bending
moment at the tip as illustrated in Figure 29.

Figure 29: lllustratlon of Geometric Non-Llnearlty Due to
Membrane Loads.

7.3 Global Pressure Pillowing Analysis

A finite element model was developed to understand pressure pillowing load

redistribution near the bonded frame detail of the ATCAS baseline crown design. This

model helped define and interpret additional frame pulloff experiments performed in

support of design development. Since the local stress distribution was of interest,

rather than the overall loads in the whole fuselage, a detailed model of one typical bay

of the frame and stringer grid was represented. Furthermore, symmetry considerations

were used to reduce the size of the model to one quarter of such a bay. A view of the

model, where 1575 laminated composite shell elements were used, is shown in Figure

30. Different variations of this model were used to analyze different sections of the

crown panel. While the frame spacing remains constant at 22 in. throughout the crown

quadrant, the stiffener spacing varies between 14 in. at the top of the panel, and 18 in.

near the edge of the panel. Also, the skin gage increases, adding plies to the layup,
moving from aft to forward sections of the crown panel. However, based on the results

shown later, the thinner skin of the aft crown panel appeared more critical and is used

in the results shown here. The layup of the aft crown panel skin is [:!:45/90/0/_+60/90/+

60/0/90/+45], while the hat-stiffener layup is [_+45/02/90/+15/90/02/+45 ].

Loading in the aft crown panel consists mostly of the aircraft internal pressure and the
axial load due to global fuselage bending. Two load cases were considered: the first

one consists of a pressure level of 13.8 psi (1.5 times the maximum level Of 9.1 psi)
with an axial tension load of 5500 lb./in. The second load case consists of an ultimate
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pressure of 18.2 psi (twice the normal level) acting alone with an axial bulkhead
reactionloadof 1110 lb./in, for a 122 in. radius fuselage.

Figure 30: Finite Element Model of Crown Panel Bay.

Different views of the deformed structure for the ultimate pressure load case are shown

in Figure 30. The overall deformation pattern shows the skin bulging at the center of

each bay as expected. The maximum radial deflection is 0.247 in. at the center of a

bay for the 14 in. stiffener spacing and 0.315 in. for the 18 in. spacing. The radial
deformation under the frame is 0.147 in. for the 14 in. spacing and 0.130 in. for 18 in.

spacing. Both the frame web and top flange deform out-of-plane. This is due to the

high axial load in the curved upper flange that induces normal loads and flange curling.

Another area of interest is the gap between the stiffener flange and the base of frame

inside the mousehole. High local curvatures can be seen in this area.

I

Figure 31: Deformed Panel Under Ultimate Pressure
Condition.
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When pressure is applied on the panel, most of the load is reacted by hoop tension

stresses in the skin. However, some load is reacted from each skin panel through
transverse shear and bending in the stiffener and frame. This is due to the mismatch in

radial compliance between the different components. The stiffener can then be viewed

as a continuous beam supported at each frame. Transverse load on the stiffener is

reacted into each frame throug-_s-k-inin-the n-aYr-owgap between the two components.

The first area of interest is the bondline along the length of the frame. Based on the

test data that will be Shown later, the skin bending moment at the attaching frame
flange edge is the most important loading to initiate failure because it is responsible for
most of the adhesive peel and shear stresses.

Ultimate over-pressure of 18.2 psi is the critical load case, causing maximum bending

moments along the frame length. The moment distribution along the attaching frame
flange edge is shown in Figure 32, going from the middle of the bay towards the

stiffener. Values shown in this figure were obtained for stiffener spacing of 18 in. and

14 in. In each plot, two curves are shown representing the moment distribution on
either side of the frame. The small difference in moment between the two sides is due

to the fact that the frame section is not symmetrical and tends to twist as previously

described. Thepresence of the axial load tends to contribute only slightly to the local

moments because of the local asymmetry created by the thickness Change between

the skin and skin-p!us-frame flange area. For further reference, note that the peak

bending moment is about 22 in.-Ib./in, near the middle Of the bay for the 18 in. spacing.

This stiffener spacing gave the highest moment because of the larger size of each bay.

- 25 _ 25
20 20...

i 15 _ 15
:_ 10 °E 10

o 0

0 2 4 6 0 2 4

Distance Along Frame [in] Distance Along Frame [in]

Figure 32: Skin Bending Moments Along both Edges of the
Attaching Frame Flange for Stiffener Spacings of
18 in. (left) and 14 in. (right).

The second critical area considered in reviewing analysis results is the skin inside the

mousehole at the frame and stiffener intersection. As shown in Figure 33, a large

bending moment is predicted in the skin mostly due to the transverse load being

transferred from the stiffener to the frame. This moment is such that it tends to peel the
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skinaway from the frame. Another contributor to the moment is the local asymmetry

due to the termination of the frame flange. The maximum pressure load case is also

critical for this area, while the stiffener spacing has less influence than in the previous

area. The peak moment is reached at the center of the mousehole and is about 140

in.-Ib./in. However, this FE model based on shell elements may be less accurate in this

narrow region and a more detailed local three-dimensional model may be necessary to

capture the actual stress distribution.

140

120100

60

,o
20

0 1 2 3

Distance Along Stiffener [in]

Figure 33: Bending Moment In the Skin Gap between Stiffener
and Mouseholed Frame.

7.4 Pulloff Tests Using a Modified (Simply Supported) Fixture

A modified loading fixture was designed to test the same specimen geometry shown

eadier. As discussed, the main drawback of the clamped frame pulloff fixture is the

inability to directly determine the moment at the flange tip. Thus, in the modified fixture,

the specimen boundary conditions are changed from clamped to simply supported.

The new setup is depicted in Figure 34. Circular rods are used to support the

specimen and can be located at different stations to vary the ratio of applied bending

moment and transverse shear at the tip of the frame flange. The side plates can also

be moved to accommodate different width specimens. Practically no membrane loads

are introduced in the specimen since it is free to slide and thus no geometric

non-linearity was observed.

For this round of testing, the specimen configuration was similar to the one used above.
All the specimens were built with a 20 ° taper angle at the flange tip and an adhesive

filler in the frame noodle. This is the benchmark panel design discussed earlier. All

specimens were machined from the benchmark panels fabricated for this task. Most

specimens had the same 13 ply skin layup, [±45/90/0/±60/90/±60/0/90/++.45], as

previously tested (representative of the aft crown), while some were manufactured with
a thicker skin that had a 17 ply layup of [+45/90/0/:L-60/+30/90/+30/±60/0/90/¢45]

(representative of the forward crown). The effect of specimen width was also
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investigated. Specimenwidth wasvariedbetween0.6 in and 7 in. The momentarm
betweenthe loadapplicationpoint and the frame tip was also varied to obtain different

ratios of shear and moment. Three values were used: 3.45 in. and 0.85 in., chosen to

induce failure at the frame tip, and 0.0 in. (corresponding to the load application point
next to the frame tip) chosen to trigger failure in the noodle area.
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Figure 34: Modified Frame Pull-off Test Fixture and Typical
Load versus Displacement Data for Frame Pull-off.

A typical set of load versus web displacement curves are shown in Figure 34. These
correspond to four 0.75 in. wide thin skin specimens tested with a short moment arm.

The first load drop was always associated with some failure in the frame tip region.
After that event, the load was further increased while a delamination started to

propagate under the bondline. That growth continued until a maximum load was

reached and the delamination grew unstable.

A summary of the frame pulloff data obtained using the simply supported test fixture is
shown in the bar chart in Figure 35 for three test configurations: the first two used thin

skin (13 plies) specimens and varied the moment arm, while the third one used thick

skin (17 plies) specimens with a long moment arm. One of the first observations that

can be made is that only reporting the pull-off load, as has been frequently done in

previous investigations, is not a good way to present the data. Although the first two

configurations are the same specimens, the load is completely different. A better way

to analyze the data is to look at the bending moment in the skin calculated at the tip of
the frame. When the data is plotted in that fashion, then the results of the first two test

configurations are much more consistent. On the moment chart, two values are

reported for each group: the moment at which damage initiates and the maximum
moment reached in the test.

The skin flexural stiffness appears to have a very strong effect on the results: a 30%

increase in skin thickness results in a 95% increase in maximum moment capability.

However, it is important to note that the ratio of maximum moment to damage initiation
moment is. very different between the two groups. In fact, if a criterion such as "no
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damageat limit load, no bond failure (i.e., complete separation of frame and skin) at

ultimate load" was used, the former would be the designing factor for the thick skin part.

Pull-off Load
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Figure 35: Pull-off Load and Moment Data for Tests Using the
Simply Supported Rxture.

The effect of specimen width was also investigated. As shown in Figure 36, fairly

consistent results were obtained for specimens up to 3 in. wide. An apparent increase

in strength was observed for wider specimens. The main reason for this behavior is

that specimens were cut from cylindrical panels. As the width increases, the overall

bending stiffness of the curved specimen cross-section becomes higher than that of a

specimen with a straight cross-section. For example, in the case of a 7 in. wide

specimen, the second moment of inertia of a circular cross-section is about 26% higher

than that of a straight cross-section with equal width. This results in a portion of the

applied bending moment being carded in the skin by in-plane membrane forces (which

do not create severe peel stresses) instead of bending moments.
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Figure 36: Specimen Width Effect On Frame Pull-off.

Three specimens were also impact-damaged prior to testing with a 5 ft.-lb, energy level.

The impact was located on the outside of the skin and centered near the tip of the
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frame flange. No clearly visible damage was created, but ultrasonic inspection easily
revealed that an approximately one inch diameter delamination was created under the

frame flange. During testing, damage spread along the width of the specimen at the tip

of the flange in the same manner as the undamaged specimens but at a lower load

level. However, the important observation is that the maximum load capability fell
within the scatter of the undamaged specimens.

For design purposes, the data collected in frame puiioff tests can be summarized in a

failure envelope such as the one shown below in Figure 37. All the data obtained for

specimens with thin skins up to 3 in. wide are shown in this figure. The pull-off load is
shown on the Vertical axis, while the bending moment is shown on the horizontal axis.

For damage initiation, the bending moment calculated at the tip of the frame flange is
the logical choice since it is the location of failure. For the maximum load, however, the

station at which the moment should be calculated is less clear because the

delamination has usually spread some distance away from the frame tip when it

becomes unstable. Thus, given that the moment at the crack tip is the driving load, the

moment shown in the figure below is calculated at the station where the flange taper

ends. For long moment arm tests (3.45 in.), the length of the taper, approximately 0.2

in., is not significant. For short moment arm tests (0.85 in.), it makes a significant

difference. The points on the vertical axis with zero moment correspond to specimens
that failed in the noodle area.

Pull-off Load [Ib]

Figure 37:
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For all the data points shown in Figure 37, the mean moment at failure is about

44 in.-Ib./in. If for design purpose an allowable moment had to be defined, the use of a

"mean minus two standard deviations" definition would lead to an allowable of

33 in.-Ib./in., which is below all the data points obtained here. Suggested mean failure

and allowable envelope are drawn in the figure, although more data are needed to

validate them. Recalling that the maximum moment predicted by finite element

analysis is about 22 in.-Ib./in., this would indicate that an adequate margin of safety is
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obtainedfor this load case along the length of the frame. However, other factors such

as elevated temperature, moisture, and fatigue still need to be considered.

7.5 Failure Mechanisms

Failure mechanisms were studied for frame pulloff tests performed with both the

clamped and simply supported fixtures. Failure of the test elements initiated at either of

the following three different sites: along the edge of the base of the frame (i.e. the
frame termination point); around the noodle; and inside the noodle, as shown

schematically in Figure 38.

(a) (b)

Figure 38: Schematics of Typical Failure of the Test Element:
a.) Failure Initiates Along the Frame Edge; b.)
Failure Initiates Around and Inside the "Noodle".

An example of failure initiating at the frame edge is shown in Figure 39a. The figure

shows a sequence of schematic plots (depicted from the optical observations),

illustrating the pattern of damage progression at the vicinity of the frame/skin interface.

Note that the plot number indicated in Figure 39a corresponds to the load number

shown in Figure 27. In this particular specimen, the crack initiated along both frame

termination points and with increasing load they progressed towards the center of the

test element. Beyond a certain load level (plot no. 5) the crack on the right hand side
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progressedin an unstablemanner,which resultedin the correspondingsudden load
drop in the load-displacementcurve,Figure27.

(a) SPEC. NO. J - 11 (b) SPEC. NO. K - 2A

PLOT.O1 PLOT.O1
LOAD=68,N _ _ LOAD=105'.

J

PLOT NO. 2

LOAD=934N j
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PLOT NO. 2 I I
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LOAD = 1,189 N
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LOAD = 1,005 N

Flgure 39: Schematic Plots of Damage Progression Sequence
in 2 Test Elements: a.) Failure Initiates Along
Frame Edge and Progressed Inward Inside the
Skin; b.) Failure Initiates Around & Inside the
"Noodle" and Progressed Outward Inside the Skin
and Skin/Frame Interface.
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It shouldbe noted that optical observations(as well as examinationsof the fracture
surfacemorphologies)clearlyrevealedthat the cracksseparatingskin from frame did

not progress within the adhesive layer but rather inside the skin laminate. This

probably occurs because the laminated skin material has a lower interlaminar fracture

toughness than that of the adhesive layer.

An example sl_owing the damage initiating at the 'noodle' site is shown in Figure 39b.

Here, the sequence of schematic plots (depicted from the optical observations) clearly

shows that initially damage had occurred inside the braided frame, around the 'noodle'.

This damage appeared in the form of several cracks. At a certain load level (plot no. 3)
a crack initiated inside the 'noodle', near the skin/frame interface (at the base of the

frame), and progressed into the braided frame along the web. This crack always

progressed in an unstable manner. The number and length of cracks around the
'noodle' increased with load. Once the cracks reached the skin/frame interface, they

progressed rapidly along that interface. Again, in most cases these cracks propagated

inside the skin plate.

The initiation sites for each of the 28 clamped specimens tested are listed in Table 11.

Results indicate that the type of 'noodle' used (i.e. adhesive versus braided materials)

does not affect the site at which the damage initiated. In all the J-group specimens the

crack initiated at the frame edge, irrespective of the 'noodle' type or whether an

additional flange plate was inserted between the frame and laminated skin. No

damage was observed at the 'noodle' site in this group of specimens. Among the other
three groups of specimens (i.e. the K, L, and M groups), damage initiated in the

'noodle' for only three specimens. Generally, it seems that there is no correlation

between the site of damage initiation and the type of test element used.

On the other hand, there is a clear difference between the J-group and the other three

groups of clamped test elements in terms Of the site at which the dominant damage had
occurred. The dominant damage is that which triggers final failure at maximum load.

While damage also initiated at the frame edges in most of the K, L, and M groups of

specimens, the dominant damage areas in most of these specimens occurred inside

the 'noodle' region. That is, dominant damage growth out of the 'noodle' region usually
occurred after cracks had initiated at the frame edge. Membrane loads associated with

large deflections in the clamped test fixture may be the cause of this shift in crack

growth trends as the pulloff force increases. Clamped specimens were also found to

have a greater difference between initiation and failure loads than did the simply

supported specimens, suggesting some interaction with the fixture.

Results in Table 11 indicate some scatter in the damage initiation load as should be

expected in such composite structures. However, it should be noted that damage was
monitored along one edge of the clamped test element, while damage may also have

initiated along the other edge, contributing to the scatter in results. Generally, the
results listed in Table 11 indicate that neither the damage initiation load nor the

maximum load for tests in the clamped fixture are affected by the 'noodle' type. The
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'noodle' type would also likely have little influence on simply supported tests performed
with a moment arm.

Many frame pulloff specimens showed Some rnanufacturing andmalies _in the skin

laminate under the frame. The frame flange tended to "sink" into the skin causing

some waviness in the top plies most clearly seen in the uppermost 0" ply. In some of

the worst cases, the top 2 or 3 plies were severely distorted into an "S" shape. The
relative severity of these manufacturing anomalies may also contribute to data scatter.

Figure 40 shows failure initiation in the top 4 skin plies at the frame edge for specimens

with and without manufacturing anomalies. For most specimens with little or no

manufacturing anomalies, failure initiated in the manner described in the top of Figure

40. These were drawn based on observations of the videos taken during the first batch

of tests and of photographs of specimens for which loading had been stopped after the

first load drop. Although events occurred very rapidly, failure appeared in most cases

to start with a crack in the adhesive pocket at the tip of the frame. This crack usually
propagated into the top 45" ply as a transverse crack.

_st Crack

Fram__ °cket

Adhesive Pocket

' Framex_'_-_4_
-4S \ /" -45
90 _ 90

o \_ oSingle Delam
Multiple Delams

Adhesive

Delams

Illustration of Failure Sequence at the Frame Tip for
Specimens Without (top) and With (bottom)
Manufacturing Anomalies.

Figure 40:

As the load increased for specimens with manufacturing anomalies, a delamination

formed at various locations. In several cases, a single delamination propagated in the

top 45" under the bondline. In other cases, the delamination jumped through

transverse cracks at other ply interfaces down to the first 0" ply. However, the key point
of these observations is that failure never propagates through the adhesive layer, but

always in the skin material. This, in retrospect, makes sense as the fracture toughness

of the adhesive is much higher than that of the skin material. After final failure and
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separation of the frame and skin, numerous transverse cracks in the top two 45" plies

were observed along with delamination.

For specimens with manufacturing anomalies, delaminations seemed to often appear

deeper into the skin, sometimes before the crack in the adhesive pocket. Although not

always easily visible, transverse cracks appeared to be present in the 45" plies. For

specimens with the worst defects, fiber breakage in the top 0" ply was also observed.

Several simply supported specimens were tested with a very short moment arm to

prevent failure at the frame tip, forcing failure to occur in the noodle area. For these

specimens, the failure modes were similar to those shown in Figure 39b: delamination

between braid layers in the frame fillet radius and/or a crack appearing in the noodle

and propagating into the frame web as load is increased.

7.6 Detailed Failure Analysis

Some detailed finite element analysis was performed to predict the failure of frame

pulloff test specimens. The computer simulation of tests was performed to mimic
observed failure initiation. As described in the previous section, damage initiation was

observed to occur in two major locations: the frame edge and in/around the noodle.

Most of the detailed analysis studies performed to date simulated tests performed with

the clamped frame pulloff fixture.

The finite element code VISOCRACK was employed for the simulation of the two types

of failure modes identified in the tests listed in Table 11. VISOCRACK is a special

purpose finite element code developed under an ATCAS subcontract during the first

phase of the Drexel research program. It is capable of modeling a 3-D
elastic/viscoelastic laminated composite medium with prescribed propagating crack(s).

The code provides the stress�strain�displacement�energy fields as functions of loading

history. For the case in which the medium is elastic, the code can provide the same

fields as functions of the propagating crack(s).

For failure simulation, the exact lamination structure of the specimens is accounted for

in the code, with the material of each lamina assumed elastic/anisotropic. Figure 41

shows the finite element model of the clamped test element under a fixed support (no

lateral movement and rotation) condition. Similarly, the case of a partially free support

(allowing lateral movement and rotation) has been investigated. However, none of the
failure simulations performed to date modeled a specific simply supported test result.

Figure 42 shows the finite element mesh and the locations of three prescribed cracks

(numbered 1, 2 and 3). The crack-tip strain-energy release rates in each simulated

cracking case are calculated in terms of the applied load and the crack size; the Griffith

criterion of fracture is then applied to predict the critical initiation load.

Table 12 shows the predicted critical load at the failure initiation of each clamped test
case. Note that the critical load for each test case was calculated based on several

assumed Gc values ranging from 87.6 to 350.2 J/m 2. The exact G c values for the
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materialsin the varioustest elementswere not available; but it is believedthat their
probablevalues are in the range of 175.1to 350.2 J/m2. Test observationson the
initiationof failure are also shown in Table 12, indicating that the experimental results

fall within predicted critical load ranges. Future efforts will attempt to predict damage
growth.

t>
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Figure 41: Schematic Showing the Fixed End Boundary
Conditions Used in the Finite Element Model.

(.,-rack Delweerl rrameisl¢ln plste

._..................!22!1
Crack in 90°/0 ° interface

Figure 42: The Finite Element Mesh and Prescribed Crack
Growth Lines.
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SPECIMEN
NO.

CRACK
INIT_TION

LOAD

[N 0b0] Gc=87.6 Jim 2

PREDICTED INITIATION LOAD [N 0bf)]

Gc=175.1 J/m 2 Gc=262.7 J/m 2 Gc=350.2 J/m 2

J-1 810 (182) 553.3 (124.4) 782.4 (175.9) 958.1 (215.4) 1106.2(248.7)

I-3 503 (113) 553.3 (124.4) 782.4 (175.9) 958.1 (215.4) 1106.2(248.7)

J-5(d) 729 (164) 553.3 (124.4) 782.4 (175.9) 958.1 (215.4) 1106.2(248.7)

J-6(d) 667 (150) 553.3 (124.4) 782.4 (175.9) 958.1 (215.4) 1106.2(248.7)

J-8(d) 778 (175) 553.3 (124A) 782.4 (175.9) 958.1 (215.4) 1106.2(248.7)

J-9 640 (144) 553.3(124.4) 782.4 (175.9) 958.1 (215.4) 1106.2(248.7)

J-t1 689 (155) 553.3 (124.4) 782.4 (175.9) 958.1 (215.4) 1106.2(248.7)

J-12 885 (199) 553.3 (124.4) 782.4 (175.9) 958.1 (215.4) 1106.2(248.7)

J-13(d) 547 (123) 553.3 (124.4) 782.4 (175.9) 958.1 (215.4) 1106.2(248.7)

J-14(d) 489 (11(3) 553.3 (124.4) 782.4 (175.9) 958.1 (215.4) 1106.2 (248.7)

J-16(d) 512 (115) 553.3 (124.4) 782.4 (175.9) 958.1 (215.4) 1106.2 (248.7)

K-1 867 (195) 553.3 (124.4) 782.4 (175.9) 958.1 (215.4) 1106.2 (248.7)

K-2 1169 (263) 553.3 (124.4) 782.4 (175.9) 958.1 (215.4) 1106.2 (248.7)

K-3 1108 (249) 553.3 (124.4) 782.4 (175.9) 958.1 (215.4) 1106.2 (248.7)

K-4 983 (221) 553.3 (124.4) 782.4 (175.9) 958.1 (215.4) 1106.2 (248.7)

K-IA 956 (215) 600.5 (135.0) 845.1 (190.0) 1,039.9 (233.8) 1201.0 (270.0)

Ko2A 1054 (237) 600.5 (135.0) 845.1 (190.0) 1,039.9 (233.8) 1201.0 (270.0)

K-3A 992 (223) 553.3 (124.4) 782.4 (175.9) 958.1 (215.4) 1106.2 (248.7)

K..4A 987 (222) 553.3 (124.4) 782.4 (175.9) 958.1 (215.4) 1106.2 (248.7)

L-l(e) 1081 (243) 922.1 (207.3) 1303.7 (293.1) 1596.8 (359.0) 1843.7 (414.5)

L-2 721 (162)

756 (170)

553.3 (124.4)

L-3 553.3 (124.4)

782.4 (175.9)

M-A(e)

782.4 (175.9)

958.1 (215.4)

958.1 (215.4)

11_.2(248.7)

M-B(e)

M..C(e)

M-D(e)

M-E(c)

M-F(e)

II_.2(248.7)

1472 (331) 922.1(207.3) 1303.7(293.1) 1596.8(359.0) 1843.7(414.5)

1953 (439) 1000.8(225.0) 1414.9(318.1) 1732.9(389.6) 2001.2 (449.9)

1223 (275) 922.1 (207.3) 1303.7 (293.1) 1596.8 (359.0) 1843.7 (414.5)

1721 (387) 922.1 (207.3) 1303.7 (293.1) 1596.8 (359.0) 1843.7 (414.5)

1415 (318) 922.1 (207.3) 1303.7 (293.1) 1596.8 (359.0) 1843.7 (414.5)

1544 (347) 922.1(207.3) 1303.7(293.1) 1596.8(359.0) 1843.7(414.5)

Table 12: Experimental and Predicted Crack Initiation Loads.
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7.7 Preliminary Fatigue Testing

A limitednumberof fatigue tests were performedat Drexel in the simply supported
frame pulloff fixture to develop the test method and observe failure mechanisms. Tests

were performed at 80 and 95% of the crack initiation force observed in static tests. As

was the case for static tests, fatigue crack initiation and growth was seen to occur

unsymmetricaily from both frame edges. After some growth, damage was also noted

around the 'noodle'. Final failure occurred as one of the cracks starting from the edge
became dominant and abruptly grew across the frame width. Figure 43 .shows the
fatigue crack extension curve for a specimen loaded at 95% of the static crack initiation

load. Figure 44 shows the same result as a function of crack tip position.
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7.8 Preliminary Mouseholed Frame Pulloff Tests

As mentionedearlier,the mouseholearea is a criticallocationfor frame pulloff loads
and moments. The fixture shown in Figure44 is designedto test the load transfer
betweenhat-stiffenerand frame. The stiffeneris attachedat both ends to the base of
the testmachine,whilethe frameweb is loadedverticallythrougha clevisarrangement.
This setup forces the shear load in the stiffenerto pass throughthe criticalskin area
intotheframe.

Figure 45: FramePulloff Test Fixture for the Mousehole Area.

Unlikethe previoustest, the targetloadlevel to be achievedby the specimenshownin
Figure44 has to be determined through analysis. Two methods of determining that

load level were used. In the first one, the load being transferred between frame and

stiffener in the test specimen matches that in the actual panel. Using a free-body

diagram of the stiffener section located inside the mousehole area, the total load is

equal to the sum of the shear forces in the stiffener vertical sides and of the pressure
load over the area of the stiffener. Using the results of the FE model of the panel under

internal pressure, the sum of the shear flows contributes 473 lb., and the pressure load
adds 302 lb., for a total reaction of 775 lb. Another method to calculate the load is to

determine the applied force that will match the peak bending moment in the skin

between frame and stiffener. Using the same FE model as discussed earlier (see

subsection on global pressure pillowing analysis of the crown design) with new

boundary conditions to represent the test specimen, a load of approximately 1100 lb.

was found to give the same maximum moment as shown in Figure 46. Therefore, it

appears that the two methods provide an upper and lower bound on the target load to

be reached during testing.

Load versus displacement data was recorded during the test and a typical plot is shown

in Figure 47. Some specimens were also instrumented with strain gages at various
locations in the mouseholed region. Three of these gages were located on the outside

of the skin opposite to the gap between the frame and stiffener, with gage 1 on the

centerline opposite to the frame web, and gages 2 and 5 located 1.4 in. and 1.5 in.

away. The output of these gages is shown in Figure 48. Because of the location of

gage 1, its output is very sensitive to failure initiation, allowing the onset of damage

load level to be determined very precisely.
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Figure 47: Typical Load-Displacement Curve from Mousehole
Pull-off Test.

During several of these tests, loading was stopped after the initiation of damage for

inspection. An opaque dye was injected under the frame and X-ray photographs were
taken. A semi-elliptical delamination was observed under the frame web next to the

stiffener and apparently originated at the interface between the noodle and the skin.

When loading was resumed, the delamination spread to the width of the frame flange
and then progressed in the hoop direction. Surface cracks were also observed near

the mousehole in the resin-rich area located in the frame flange-to-web radius. This

can also be seen in the strain gage output in Figure 48 where gages 2 and 5 indicate
local failure in succession at increasing load level. This progressive failure also

translates into a gradual softening of the load versus displacement behavior shown in

Figure 47.
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Figure 48: Typical Strain Gage Data from Mousehole Pull-off
Test.

Three groups of three specimens each were tested. The first two groups were built with

a thin 13 ply skin and the third one with a thicker 17 ply skin. The second group of

specimens sustained a 5 ft.-lb, impact on the outside skin opposite to the gap between
frame and stiffener. Although no visible damage was present, ultrasonic inspection

indicated that some delamination was present.

Results from the tests are summarized in Figure 49 where two load values are reported

for each specimen, one corresponding to the onset of damage and one to the
maximum load. The average failure load of the thin skin specimens was 700 lb. As in

the previous tests, the thick skin specimens performed better with an average failure

load of 874 lb., although the increase in strength was not as pronounced. With impact

damage present, the average failure load was 624 lb., a fairly small reduction

considering the scatter in the data.
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Figure 49:

Thick Skin

Failure Initiation and Ultimate Load Test Results for
Mousehole Area Frame Pulloff.
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Based on the load requirement determined from the analysis, thin skin specimens do

not appear to meet ultimate load requirements. Thick skin specimens may pass the
lower bound of the requirement, but, in both cases, damage initiation occurs well below
limit load, which is usually not acceptable. However, a more refined three-dimensional

finite element model of both the panel and ihetestspecimen may benecessary to

determine the exact stress distribution in that area and perform a better comparison
between the two configurations.
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8.0 Conclusions and Recommendations

Benchmark Panel Fabrication. The successful fabrication of the five benchmark

panels demonstrated the producibility of the ATCAS crown panel design. The range of

design variables included in these panels further demonstrated the robust nature of the

fabrication process selected. Test of these panels will provide critical data for further

crown design refinement. The specific test plans for these panels should, and are

intended to be, modified as additional knowledge is gained.

Benchmark Panel Finite Element Analysis. Comparisons of experimental results

with models similar to those developed under this task indicate the ability, with proper

attention to detail, to model the response of complex test configurations. Additional

refinement of the pressure-box load introduction hardware is required to improve

correlation with actual panel response. This includes identification and quantification of

the critical load-introduction parameters.

Numerical difficulties encountered in geometrically nonlinear analyses of high-axial load
conditions may indicate the presence of a snap-through or other unstable

phenomenon. Tests of such panels should be carefully monitored to understand the

physical implications of such predicted response.

Models are required for each of the test panels that include appropriate damage states.

Consideration of predicting damage progression is also required. The ability to predict

damage growth and final structural collapse of the test panels provides a measure of

current capabilities and direction for future developments.

Further efforts are required to understand the relationship between panel response in

the pressure-box test fixture and in the full fuselage shell. Full-shell models that

provide sufficient detail in the region of interest are likely to be prohibitively costly,

forcing one of several global-local approaches to be adopted. Successful

implementation of this capability, however, will provide the ability to properly interpret

damage growth and residual strength test results.

Strain Softening Model Development. Strain softening models continue to appear

attractive for extending small test results to larger, configured structure, due to its ability

to predict tension fracture strengths for a wide range of materials, notch sizes, and

specimen geometries. The success of this method stems from its physical basis and its

consideration of the interaction between damage accumulation and specimen size.

Maximum stress levels and initial unloading portions of strain softening material laws

control small-notch strengths for specimen sizes typically used in composites
evaluation. The energy associated with the rest of the strain softening curve is most

important to large-notch strengths, due to larger notch tip damage zones allowed by

larger specimen widths. Numerical analyses of specimen geometries should be
conducted to develop methods for characterizing strain softening laws for specific

materials using the minimum number of tests. Such methodology has been
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demonstratedfor other materials, but must be extended to the anisotropic regime of
composite materials.

Development of interaction bending laws are required to extend strain softening into the
structural domain. Efforts are also required to determine and overcome computational

difficulties encountered in medeling such laws in complex structure.

Frame/Skin Bondline Analysis and Test. Test results indicate that the skin bending

moment at the tip of the frame was the most important load resultant, not the pull-off

load as is typically reported. Results from clamped-fixture tests indicated that the type
of 'noodle' material used at the end of the frame web, adhesive or braided inserts, had

little effect on failure. The static and fatigue strength of the skin/frame bondline away

from the mousehole regions appears adequate. However, the static strength in the
mousehole region does not appear sufficient, although further analysis and test
instrumentation is require to confirm this.

Future efforts are needed to evaluate frame bond integrity for the ATCAS baseline

design. Detailed analysis of experimental failure modes occurring with the simply
supported test fixture would provide a basis for validation of fracture mechanics

methodology. Additional long term durability tests are needed to quantify the effects of

load frequency, environment, and initial damage conditions. The benchmark panels
should be instrumented to provide accurate test measurements of local load transfer.

These results should be used to verify the mousehole modeling scheme and, if
necessary, modify the design of the single mousehole element test fixture to better

simulate pressure loads. Some mousehole design refinement may also be needed to

ensure that the crown design has adequate margins of safety.
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Appendix A

Panel Bond, Cutting Diagram, and Panel Assembly

Drawings for Panel 1





F

' I_J

c,,.-

r_- li
,Di

i

_c i

::>

e, I 7

-2 ; _ /_ 54-3628_-1

t!' "_f
f

;i

ca:, J I':i_
I;

:1

:z

;i
'i

:i

li

"_ "'-- cz>

C8

C6
_.._L.E I,' I

,': | _ -'_S" t }'.1 I i

] ]: ._ 9o" I i _

• 8c' j t

_: [ i :

.as" i [°l_" i

I

5 =.: -4E" i

.4=." ]

o" I i T
IO "'.7 -as"

i

;=, I. .:

/

!

--=_38 I 3-

D_
S"E"r A I L -3

:qcTa_ 9¢"
tit

8 I 7

A-1



t

5 5o

/

18_Z05
5

6_-35;

A-2



0

i

!
I

F--

D4:7

i!.

• i

:!i:

I il

I."2----

: 7

h

I

F-'2-

I

i
i . ,/
i ;
, /
i

/ llj :_I- :

i ii:
t

T ';

i,i;
_-#_

i ii i/- .....ti _ i /
_-_ _J=

:II I// i,
I:i _ __C___o. :

T':

, [!i _-_'--": J:

r 3_:i'=

4g 8-'

1

"|" l

..... 72 0_-

_7_ _ i

A-3



2 I •

I

s

21t_

C_I_O '_+ _'_'_S _" _1_ IN,'., ¢*._ Irl I_ _-_'"

_ , u. ! i_ , _ *_, :

., +

L

L,_

2

I

!

.- {
_4_,B,?,_. _+:;_,o _-T--

I--I

+

l

i !F '_

i I_:1

A-4



F_I -]627B- I ----_

/
J

L

DSe4

/

END vl_

]0 o(_ --

_(2o0-

O5
5XlN _-_ _ _5 _IJ4rPA_

OIME_ISION MEASLIRE ON

QUI_ICE _ LINE

1_6sl"" _4-36e8_I"¢'I-']I
s 1

A-5



__ ]_ ............ ",.?

.f

i
_k_.,._ _T 5_

s_
__ t

lOS_

I

_ooo

j I

t 1 +

+

!

i

I

i
I

icro ET._.,+__b;,._................ ?, ....... i
1 _ !_ ICU%'ED P/_EL ,DJTTI,G OIAGRr_,-I

r,,............ _+ _.._('EST CN_Y_ i_
',",._',;."/,_.'.... , '_,/w,;, .............. '

• " I e'''_ r"t.-.,._ I,,',...- _,I-_-;'_--1 ,.. , _i
I

A-6



T]

I 11.58 x Ii EO_.) '

'+ + + ;-S_---_,,+

T . + + + + + + + IT!÷ -.,-_--_, J i+ ,

19.00

w I v

DETAIL-7
c3_IILJE: 172

.............';..,/_

i

•--- ] 3s _ )oI _ II
12 15 --

_r+.N_ : 112

t 191_ i

DII

+_ ., I
._ + +--, ++ ,+.+_.,: F

{>,t-36284 - t o t

03

_ iz2

A-7



-[ ....... ' i

-_o)i

O4

5
6

Y

13O 075

9.1_1 g 2a

J

! J

0 19 Z _

/
I

1_ IZ. 45

[J_'TAIL -4
CF'P -9

o_LL LJ

54 - 35Z49-5

÷ +

_a_ 36284 _ _0

4P Tgo/ 19_

r,_5_B05_3
Ae_,60_ Io

[3[_>

IO

i
_I'" ,_6,×o.x,7)"f'!-"I )
9 I

A-8



08c7

k

t _ 9 6 I

hT. _S

DETAIL -3
_J_J_ : I/2

Y _

Io ..l.,p_ _-- o. ig 6 PL_:_5

........I.......J....I......
I

I. TzI I
I I, 7z?

.,_.j 1
_i

• 190 . 130 .07_
.;_r_

D8

-----r---

-- ila3

IL27

f _ t9 4 I_L.E_S

I /L

I. 72

¢

!

Iz 45

BE'TAIL -2
_JILIE. I12

K!D

C3 _ r_ -_r_- io

RDTA_ go"
_..14.4E:I/2

1

-- ---.-_-- - - ¢ SYM

--RI21 _--

l

9 _.sP. sm._

!

TYPICPL P'_P_IESECTION "'_''"

i 7 9 6 1

A-9



5 4 I 3

---i

J

___J

C3c_

PANEL ASSY- I

AS FLAT PATTE]qN

_=' .>5_×o_5_i'TI-'l I
5 I

B5

A-10



9 2 I
mtM _ll_t_v

"_¢16"CCS
• "_.1: 2"_e''LS: 03

A-11



II

0
LU
tO

W>-
_j -z
W o
FF w

(J

(_OF-z w

ZW _w

_w rr

FF_ oz
OOE

w

O© wz
_Z -

z
w

.i

_J
w
z

o_

o0
o_

F--

>-
O3
LO

EL__J
_EW
:EZ

_-0_

O_n
rrW
C_O>
_rY

ZCJ

mr i
ckl_

.:E
xr _-
_:LD

F--E_
_EX

LO
.. E_J

Iii ,.

:EW

Z_
Z

LU

--W
b_tO

CJO

m

I
m

@

A-12



r---...

o

X

Lo

ur}

==_,

i il

w
L

A-13



.,J

@

I'-
L(
ix,

C
>

Lc

;[.3

}r

ic
!o

i

o

'J!

oi
w
F-
o
z

o
Z

W

J

ZOW _

Z_W _
Z--Z_ --Z m

-- W_ W J

•OW_ D_ Z

O3

I

_C
133

n-"
-1.U

I.,IJ
(Dt-_

03n"
£3

nr"
u'i w--
rn n
..J W

_ wn _

Z 1"4>- o

-Z_ W _J _ _ _
O0 _ Z _ _ o
Z ZO W_ _

_o_ Q _ _ _ -_

_W _ _ I

JDO_ W _X W

0 _0 W O_ _ D I_

_--0_ _ _ _ 0 ,, 0

AF]A F]
A-14

-r._ :



LO

@

_-- ...j

× ,×N× , × , .N,_N ,

I I I i t i i (_j

>-

O3

U3

I!!!_ -

l! wZ r-r" It" rr _ n-

O_ W W W W W
J J ._J '_ J _ ,._1

I-- f30 03 03 I 03 _

= L.,U O O C3 13_ O 1:3. O
I--.- C3 tm _ O tm O

- t I i i i i I

U'I
U'I

I

J
W

Z

n

O

i

@o

!

W
J

(.3

Z

C3

W
>

0

i

i

_8

LIII IIII II 111
A-15



W

z

LO

_0

x

LO

Od

CK n _
W W

F- I-- I !

nn _ _ _ Z Z

_ _D O

Z
- _ 0'3 cn on

_ m z _ _: m z

_=_

[.'._IIl_Lll_i II II.....] II
A-16



Appendix B

Panel Bond, Cutting Diagram, and Panel Assembly

Drawings for Panel 2
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Appendix C

Panel Bond, Cutting Diagram, and Panel Assembly

Drawings for Panel 3
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Appendix D

Panel Bond, Cutting Diagram, and Panel Assembly

Drawings for Panel 4
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Appendix E

Panel Bond, Cutting Diagram, and Panel Assembly

Drawings for Panel 5
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Appendix F

Frame Fabrication Drawing
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Appendix G

Finite Element Results for Undamaged Panel 1
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Appendix H

Finite Element Results for Undamaged. Panel 2
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Appendix I

Finite Element Results for Undamaged Panel 3
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Appendix J

Finite Element Results for Undamaged Panel 4
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Appendix K

Finite Element Results for Undamaged Panel 5
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