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FOREWORD

This document is one of nine complementary final technical reports on the development of
advanced composite transport fuselage concepts. The work described was performed by
the Boeing Commercial Airplane Group, Seattle, Washington, from May 1989 through
December 1995 under contracts NAS1-18889 and NAS1-20013, Task 2. The contracts
were sponsored by the National Aeronautics and Space Administration, Langley Research
Center (NASA-LaRC) as part of the Advanced Composite Technology (ACT) program.
Direction from NASA-LaRC was provided by M.J. Shuart, J.G. Davis, W.T. Freeman,
and J.B. Nelson.

The nine documents comprising the final documentation for the NASA/Boeing ATCAS
program include:

Advanced Technology Composite Fuselage

- Program Overview (CR-4734). Synopsis of program approach, timeline and significant
findings. Design synthesis considering manufacturing, materials, processes, structural
performance, maintenance, and cost.

- Manufacturing (CR-4735). Baseline manufacturing and assembly approaches. Process and
tooling developments, and manufacturing demonstration activities to address critical
manufacturing issues.

- Materials and Processes (CR-4731). Baseline and alternative materials and processes.
Material and process developments. Material performance.

- Structural Performance (CR-4732). Methods used for design sizing. Analysis and test
activities supporting assessment of design development methodologies for critical performance
issues.

- Repair and Damage Assessment Supporting Maintenance (CR-4733). Maintenance
considerations in design. Detailed repair concepts for quadrant design. Fabrication, inspection,
and analytical developments.

Cost Optimization Software for Transport Aircraft Design Evaluation (COSTADE)

- Overview (CR-4736). Synopsis of COSTADE initiative, including integration of cost, weight,
manufacturing, design, structural analysis, load redistribution, optimization, and blending.

- Design Cost Methods (CR-4737). Components of cost analysis and their interactions.
Theoretical framework for process-time prediction. Methods for developing and maintaining cost
equations. Applications to ATCAS quadrant designs.

- User's Manual (CR-4738). COSTADE user instructions, including hardware requirements and
installation procedures. Program structure, capabilities, and limitations. Basis of cost model and
structural analysis routines. Example problems.

- Process Cost Analysis Database (CR-4739). Rationale for database framework. Database
user's guide, including capabilities and limitations. ATCAS process step equations.

Use of commercial products or names of manufacturers in this report does not constitute
official endorsement of such products or manufacturers, either expressed or implied, by

the Boeing Company or the National Aeronautics and Space Administration.




At completion of these contracts, Boeing program management included Bjorn Backman
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1.0 SUMMARY

The goal of Boeing's Advanced Technology Composite Aircraft Structures (ATCAS)
program was to develop the technology required for cost and weight efficient use of
composite materials in transport fuselage structure. This contractor report describes
results of material and process selection, development, and characterization activities
performed in support of the ATCAS program.

A design build team (DBT) approach was used in identification of materials and
processes appropriate for use in fuselage applications. Carbon fiber reinforced epoxy
was chosen for fuselage skins and stiffening elements and for passenger and cargo floor
structures. The automated fiber placement (AFP) process was selected for fabrication of
monolithic and sandwich skin panels. Circumferential frames and window frames were
braided and resin transfer molded (RTM'd). Pultrusion was selected for fabrication of
floor beams and constant section stiffening elements. Drape forming was chosen for
stringers and other stiffening elements.

Development of selected materials and processes was pursued with the aid of industry
and university associates. Significant efforts were expended on the development of the
AFP, braiding, and RTM processes. Innovative sandwich core materials and core edge
close-out design concepts were evaluated for use in fuselage applications. Autoclave
cure processes were developed for stiffened skin and sandwich structures representative
of ATCAS design concepts.

The performance of selected materials in fuselage applications was investigated. The
stiffness, strength, notch sensitivity, and bearing/bypass properties of fiber-placed skin
materials and braided/RTM'd circumferential frame materials were characterized. The
strength and durability of cocured and cobonded joints were evaluated. The impact
damage resistance of stiffened skin and sandwich structures typical of fuselage panels
were investigated. The mechanisms by which fluids may penetrate and migrate through
sandwich panels were studied. Finally, a cursory evaluation of the fire worthiness of a
composite fuselage was performed.

Materials and processes identified for repair of ATCAS design concepts are described in

[1].

I-1




2.0 INTRODUCTION

Boeing's ATCAS program was initiated in May 1989 under NASA contract NAS1-18889
as part of the Advanced Composites Technology (ACT) initiative. The primary objective
of the ATCAS program is to develop and demonstrate an integrated technology which
enables the cost and weight effective use of composite materials in fuselage structures of
future aircraft. Task 2 of the Materials Development Omnibus Contract (MDOC,
contract NAS1-20013) was awarded in November, 1993 as an extension of this work.
An additional contract (NAS1-20553) has been awarded to verify this technology at large
scale beginning in October, 1995.

The fuselage section just aft of the wing-to-body intersection of a commercial wide body
transport aircraft was chosen for study (Figure 2-1). This section contains many of the
structural details found throughout the fuselage. The 'quadrant’ configuration was
adopted to minimize the number of longitudinal splices while maintaining design
flexibility for regions with differing requirements [2, 3].

Crown
(99° segment)

(113.5° segment)

o :ee;ne 0 Barrel Length = 398 in.
N

Figure 2-1. Baseline Vehicle and Study Section.

A three step process was employed by the ATCAS DBT for initial development of the
fuselage design and manufacturing process [2, 3]. First, baseline concepts were selected
for crown, keel, and side panels which had the greatest potential for cost and weight
savings with an acceptable developmental risk. The second step was a "global
evaluation” of selected baseline and alternative concepts in which detailed designs and
manufacturing plans were developed for cost and weight estimates. A globally optimized
design was generated from the most attractive features of baseline and alternative
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concepts. The next step in design development, called "local optimization," involved
detailed investigation and optimization of individual design elements.

Selection, development, and characterization of materials and manufacturing processes
were performed in parallel with the design development to leverage trade study results in
directing these efforts. This integrated approach also served to provide the DBT with
more refined information as the program progressed. The design configurations,
materials, and manufacturing processes selected for study by the DBT are described in
Section 3 of this report. Section 4 provides a summary of material and process
development efforts. Efforts to characterize material performance are summarized in the
remainder of the report with emphasis on mechanical properties in Section 5, durability
in Section 6, and fire worthiness in Section 7.
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3.0 BASELINE AND ALTERNATIVE MATERIALS AND
PROCESSES

3.1 Fuselage Crown Quadrant

The crown panel design concept chosen for local optimization is a stringer-stiffened skin
configuration as illustrated in Figure 3-1 [2, 3]. The design features cocured longitudinal
hat section stringers and cobonded J-section circumferential frames. Cut-outs in the
frames allow continuous stringers, but necessitate the inclusion of fail-safe chords. No
significant changes have been made to the baseline configuration during local
optimization.

Design-constraining structural requirements for the baseline configuration include
stability under axial compression loads, tension damage tolerance, minimum gage for
impact damage resistance, and ultimate strength of panel splice joints [2, 3, 4]. The
anticipated service environment includes a temperature range of -65° to 180°F and
exposure to water and other fluids typically encountered in the aviation industry.

Braided/RTM'd Circumferential Frame
(with mouseholes and attached F-chord)

Drape Formed
Hat Stringer

Fiber Placed Laminate Skin

Figure 3-1.  Baseline Crown Panel Design Concept.

Alternative design concepts considered during global evaluation included a similar
stiffened skin panel with mechanically fastened Z-section frames and a sandwich panel

3-1




with cobonded J-section frames [2, 3]. Mechanically fastened frames offer a simplified
bagging procedure which may offset the cost of frame installation. The increased
flexibility of the bonded skin-stringer panel and the ability to adjust the location of
circumferential frames would reduce pull-up forces and shimming requirements for
assembly. The sandwich design concept offers commonality with the side and keel
designs described below and the potential for reducing or eliminating circumferential
frames.

3.1.1 Crown Panel Skins

Automated fiber placement was selected as the baseline process for fabricating fuselage
skin panels because of the potential for reduced raw material cost relative to prepreg
tape. The projected cost reductions were to be achieved through the elimination of
backing paper. An even greater reduction in material cost through prepregging in-line
with fiber carbonization was proposed by one supplier. The projected cost reductions
have not yet been realized and may be offset by increased packaging requirements. The
fiber placement process also offers the ability to lay up material on a compound contour
(e.g. fuselage nose and tail sections).

Hercules' band-cut-and-add (BCA) fiber placement head was used for crown panel
development work. The BCA head collimates and "ribbonizes" individual prepreg tows
into a band of prepreg tape just prior to contact with the tool. A significant limitation of
this process is the current requirement for band end cuts which are perpendicular to the
fiber orientation. Furthermore, BCA head fiber placement process variations have been
shown to have a significant influence on material performance (see Section 5.1.2) and
process control has not been demonstrated. Alternative skin fabrication processes
include fiber placement with a tow-cut-and-add (TCA) head and automated lay-up of
prepreg tape. The TCA head, which places individual prepreg tows, offers greater ply
drop/add capability. However, the TCA head is less tolerant of prepreg tow width
variations and the increased complexity of the TCA head may result in more down time.

A standard modulus carbon fiber in an untoughened epoxy matrix (e.g. AS4/938) was
selected for fabrication of crown panel skins with the following rationale. Results of
cost/weight trade studies indicated that the improved performance of intermediate
modulus fiber (e.g. IM6) did not justify the additional cost for skin applications [2, 3].
The untoughened matrix has since been found to provide improved tension fracture
performance relative to toughened matrices as discussed in Section 5.1.2. The
untoughened matrix is generally available for lower cost than toughened versions.

A promising alternative skin material is an intraply carbon/glass hybrid which provides
excellent notched tension performance as discussed in Section 5.1.2. However, the use
of glass results in reduced stiffness and increased density. The lower material cost may
be offset by the complicated logistics of manufacture and inspection.

Fabric surface plies would likely be added to retard fiber breakout during machining
operations. The addition of carbon fabric plies has been found to improve the tension
fracture toughness of some laminated composite materials as discussed in Section 5.1.2.
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Fabric surface plies may also improve the fire resistance properties of the material. Glass
fabric surface plies may offer even greater improvements in tension fracture performance
and fire resistance, and would provide inherent isolation from aluminum components for
protection against galvanic corrosion. Glass fabric may be obtained for lower cost, but is
heavier and more compliant than carbon. A potential liability of fabric surface plies is
the tendency for stiffener disbonds to propagate between the fabric surface ply and
stiffener instead of into the skin as discussed in [4]. A detailed cost/weight trade study
would be required to identify the most efficient skin material system.

Alternative skin materials which are compatible with a sandwich design concept are
Hexcel's T300/F584 and Hercules' AS4/8552. T300/F584 may offer the improved
tension fracture properties of an untoughened matrix. AS4/8552 offers improved impact
damage resistance and commonality with keel and side quadrant panels.

3.1.2  Crown Panel Stringers

Global evaluation indicated that hat section stringers should be drape formed following
lay-up with a tape laying machine [2, 3]. The stringers would then be cocured over
elastomeric mandrels with the skin. An epoxy film adhesive would be used to provide
improved toughness in the cocured joint. The durability of the elastomeric mandrels in a
production environment has not been demonstrated. A method of inspecting the cocured
hat stringers and underlying skin would be required.

The results of global evaluation indicated AS4/3501-6 was the most cost/weight efficient
stringer material for the selected design configuration [2, 3]. However, the greater
understanding of structural damage tolerance gained during local optimization suggests
the increased stiffness and strength of an intermediate modulus fiber in a toughened
matrix (e.g. IM7/8552) is desirable [2, 5]. Updated cost/weight trade studies will be
required to identify the most efficient material.

Pultruded blade stringers were projected to be very costly during global evaluation
because of the high cost of the prepreg charge required. Pultrusion with in-situ
impregnation processes which have recently been developed may provide lower cost
stringers. The requirement for a constant cross-section would result in increased weight
although the impact of this requirement could be reduced by local trimming of the blade
height and flange width. Pultruded stringers would be cobonded (instead of cocured) and
would therefore require a surface preparation process. An alternative material system
compatible with the pultrusion process has not been identified.

CYTEC's Metalbond 1515-3M (0.05 1bs/ft2) film adhesive was chosen for cocuring the
stringers to the skin panel because of extensive Boeing experience with this material in
similar applications.

3.1.3 Circumferential Frames

Globally optimized circumferential frames are braided with a two dimensional (2-D)
triaxial architecture (see Section 4.5) and resin transfer molded. An innovative
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manufacturing plan described in [6] results in an efficient process for fabricating the
curved elements. Maintaining a near constant inner mold line for the skin allows the use
of a minimal number of unique tools to produce a large number of frames. This
fabrication process has been demonstrated for J-section frames by Fiber Innovations
(Section 4.5). A manufacturing plan and tooling concepts for frames with an integral
fail-safe chord have been developed, but the process has not been demonstrated.

AS4/RSL 1895 was initially chosen for development of the braiding and RTM processes.
Although intermediate modulus fiber may be more structurally efficient, AS4 was
deemed less likely to be damaged during the braiding process. Shell's RSL 1895 is no
longer produced. An alternative matrix resin is 3M's PR-500 which has been used by
Lockheed for development of keel and side panel circumferential frames under their
ACT contract (NAS1-18888).

Alternative frame fabrication processes considered during global evaluation included
compression molding of prepreg charges and stretch forming of long discontinuous fibers
(LDF) in a thermoplastic matrix. Both alternative concepts were projected to be more
costly than braiding/RTM for circumferential frames. Extruded and roll formed
aluminum frames are a cost and weight efficient alternative, although an electrical
isolation scheme would be required for protection from galvanic corrosion if used in a
composite fuselage.

Metalbond 1515-3M was selected for cobonding circumferential frames to the skin in all
quadrants. Although Boeing has gained extensive experience with this adhesive system,
a reliable surface preparation process has not been developed for the precured frames.

3.2 Fuselage Keel Quadrant

Global evaluation resulted in selection of a sandwich configuration for fuselage keel
panels [2, 7]. The traditional keel chords responsible for carrying high axial compression
loads through the main landing gear wheel well area were replaced by a thick
(approximately one inch) laminate at the forward end of the keel panel. The laminate
transitioned into a sandwich structure toward the sides and aft end as axial line loads
diminished. This transition provided a uniform inner mold line which reduced the
number of unique circumferential frames required. The sandwich configuration also
negated the need for stringers. Panned-down panel edges provided a solid laminate edge
band for splicing to the adjoining side panels. Intercostals were used to stabilize the
heavily loaded forward area of the panel. The cargo floor structure was constructed of
discreet floor beam and stanchion elements.

Several changes to the baseline configuration have resulted in the locally optimized keel
panel illustrated in Figure 3-2. The width of the solid laminate "tab-out" (which extends
forward between the main landing gear wheel wells) was increased. Panned-down panel
edges have been converted to a constant thickness sandwich construction to provide
increased stability at the panel edges [2, 8]. The constant inner mold line also simplifies
the circumferential frames and the skin-to-frame interface.
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The arc length of the keel panel may be increased in future studies to move the
longitudinal panel splice out of the areas of concentrated loads created by the wheel well
cutouts and cargo door [2]. This change would also simplify assembly by encompassing
the entire cargo floor structure within the keel panel.

Primary structural design drivers which influence keel material selection are stability
under axial loads, axial compression strength and damage tolerance, and strength of
panel splice joints [2, 4, 7]. Although the maximum service temperature may be lower
than that expected for the crown, exposure to fluids will be greatest in the keel.

Pultruded Cargo
Floor Beam

Pultruded Cargo 5
Floor Stanchion

Intercostal

. . Braided/RTM'd
Fiber Placed Thick Circumferential Frame

Main Landing Gear Laminate/Sandwich Skin

Wheel Weli Cutout
“A-

Figure 3-2. Baseline Keel Panel Design Concept.

3.2.1 Keel Panel Skins

Facesheets

The automated fiber placement process was chosen for fabrication of keel panel skins for
reasons similar to those described in Section 3.1.1. The BCA head was again used for
development. However, the TCA head may be required to provide a smooth transition in
facesheet thickness in areas of multiple ply drops which is critical for cobonding
circumferential frames to the keel panel.

Hercules' AS4/8552 was selected for keel sandwich facesheets [9]. Design trade studies
again indicated standard modulus fiber would be most cost and weight efficient [2, 7]. A
moderately toughened matrix was desired for the compression loaded structure to provide
a balance of impact damage resistance, strength, and notch sensitivity [9]. The material
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had previously been shown to be compatible with the automated fiber placement and
sandwich cocure processes. The current and projected costs of 8552 prepregs were
reasonable and competitive with other candidate systems. AS4/8552 plain weave fabric
plies were added to the panel surfaces and against the core for the reasons described in
Section 3.1.1.

An alternative skin material, Hexcel's T300/F584, was used for much of the keel
development work. T300/F584 prepreg tape is currently used in production by Boeing
for fabrication of sandwich structure. However, the material was available in prepreg
tow form only on the laboratory scale.

Core Materials

A variety of foams, honeycombs, and foam-filled honeycombs were considered for
sandwich core materials. Hexcel's HRP (fiberglass reinforced phenolic) honeycomb was
chosen as the baseline keel core material during local optimization because it exhibited
the best combination of shear stiffness, impact damage resistance, cost, and weight [9].
Du Pont's Korex was later identified as a potential alternative which could provide
reduced weight, improved impact damage resistance, and improved environmental
durability at an acceptable cost penalty [9, 10].

Core Close-Outs

Core close-out configurations which were studied for longitudinal panel splices are
illustrated in Figure 3-3 [8]. The close-outs are required to protect the core from the
environment and to react fastener clamp-up loads. The chamfered close-out
configuration may allow the use of only two rows of fasteners. However, a very stiff
close-out may be required to aid load transfer through the eccentric load path. The
baseline full-depth close-out is constructed of a series of braided/RTM'd tubes fabricated
with removable or fly-away mandrels. The tubes are braided with carbon fiber and
molded with an epoxy resin. Fly away mandrels could be made of dense foam, foam-
filled honeycomb, or foam in combination with strips of solid laminate under the bolt
lines. The full depth close-out reduces the risk of core crush during autoclave cure and
provides a direct load path through the panel splice for both inner and outer facesheets.
However, it would likely be more expensive and requires four rows of fasteners. The
ability of the close-out to react fastener clamp-up loads must also be demonstrated.
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Figure 3-3.  Longitudinal Panel Splice Core Close-out Design
Concepts

An aft circumferential panel splice core close-out concept is illustrated in Figure 3-4 [8].
This design concept features ramped facesheets to accommodate splice plates. The close-
outs could be made of solid laminate or an injection molded, chopped fiber composite. A
variation with the honeycomb core extending through the ramp is more cost and weight
efficient, but the strength and durability of the core to facesheet bond in the ramped area
must be demonstrated. The results of preliminary tests are encouraging (see Section
5.3.2).
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Figure 3-4.  Circumferential Panel Splice Core Close-out Design
Concepts

Attachments and Penetrations

Detail design concepts have also been developed for penetrations and attachments to the
sandwich structure for drain holes, fairings, and antennae [11]. Bonded attachments
which do not compromise the facesheet as a barrier to moisture ingress are preferred
where feasible. Solid core inserts offer the greatest resistance to moisture ingress where
penetration of the sandwich is required. Glass reinforced epoxy may be used for solid
inserts to avoid creating structural hard points in the skin panel. Braided/RTM'd inserts
similar to those described for longitudinal panel splice core close-outs have also been
considered.

Adhesives

Metalbond 1515-3M film adhesive was chosen for cocuring the facesheets to the core
and core close-outs because of extensive Boeing experience with this material in similar
applications. Hysol's X9899 Synspand expanding syntactic foam is a promising
candidate for splicing core materials and bonding core close-outs to core materials. The
expanding syntactic foam should provide improved resistance to internal fluid migration
relative to traditional foaming adhesives.

3.2.2 Circomferential Frames

Design and development of circumferential frames for the keel panel was performed by
Lockheed under their ACT contract (NAS1-18888). The J-section frames are braided
with a two dimensional (2-D) triaxial architecture (see Section 4.5) and resin transfer
molded of AS4/PR-500.
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3.2.3 Intercostals and Bonded Attachment Chords

Resin transfer molding of a woven preform and press clave processing of a prepreg
charge were considered for fabrication of intercostals. The press clave process would
intuitively be very cost efficient. A trade study has not been performed to determine
whether standard or intermediate modulus carbon fiber should be used.

Intercostal attachment chords are constant section elements which are amenable to the
pultrusion process. Standard modulus fiber would be adequate for this application
because the design is constrained by the strength of the bolted joint with the intercostal.
Development of the pultrusion process was not pursued and, therefore, a compatible resin
system has not been identified. The chords are cobonded to the skin panel with film
adhesive. A reliable surface preparation process is needed to ensure removal of release
agent used in the pultrusion process from the surfaces to be bonded.

3.2.4 Cargo Floor Beams and Stanchions

Cargo floor beams and stanchions are also of constant cross-section and should be
pultruded. Standard modulus fiber would likely be adequate for these elements. These
elements are mechanically fastened to the circumferential frames.

33 Fuselage Side Quadrant

The left side panel containing a passenger door was selected for study by the DBT.
Insufficient resources were available to study the right side panel which also contains a
large cargo door. A sandwich configuration (Figure 3-5) was chosen for local
optimization of fuselage side panels because of the greater potential for meeting ACT
goals for cost and weight efficiency relative to a stringer stiffened skin design [2, 10].
The sandwich configuration provides a uniform inner mold line (by varying core height
to account for changes in skin gage) which reduces the number of unique circumferential
frames required. The potential for reducing or eliminating circumferential frames for the
sandwich configuration has also been considered. The sandwich structure transitions into
a solid laminate at the passenger door which allows mechanical fastening of the door
cutout reinforcing structure. The door cutout area is reinforced with a system of edge
frames, auxiliary frames, door sill chords, and intercostals as illustrated in the figure.
Passenger floor beams (not shown) are supported by a pair of stanchions.

Design-constraining structural requirements for the sandwich configuration include
stability and damage tolerance under combined loads, ultimate strength of panel splice
joints, and ultimate strength of high stress concentration areas around windows and door
cutouts [2, 4, 10]. The anticipated service environment for fuselage side panels is similar
to that described for the crown.
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Figure 3-5. Baseline Side Panel Design Concept.

The alternative design configuration considered during global evaluation, a stringer
stiffened skin panel, offers lower risks related to manufacture, performance, and
maintenance [2, 10]. However, this design concept does not offer the cost savings
potential relative to an aluminum airplane which was projected for the sandwich
configuration.

3.3.1 Side Panel Skins

The automated fiber placement process was chosen for fabricating side panel skins for
reasons similar to those described in Section 3.1.1. The TCA head was selected for
development because preliminary Hercules' studies indicated it would be more efficient
than the BCA head due to the number and complexity of ply drops in the panel.

Hercules' AS4/8552 prepreg tow and plain weave fabric and Du Pont's Korex honeycomb
core material were selected for side panel sandwich skins for the reasons described in

Section 3.2.1.

Sandwich core close-outs at the longitudinal and circumferential panel splices are similar
to those described in Section 3.2.1 for the keel panel. A chamfered core with laminate
edge band would be used for the upper longitudinal splice to the current stringer stiffened
skin crown design concept.
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Both full-depth core close-outs and chamfered core with laminate edge band concepts
have been considered for window cutouts. Full depth braided and RTM'd glass/epoxy
tubes with fly-away mandrels similar to those described in Section 3.2.1 for longitudinal
panel splice close-outs are light weight, but a solid fiberglass/epoxy insert made from
toroidal fabric (to reduce material scrap) offers better resistance to clamp-up loads and
moisture ingress at lower cost. Chamfered core with laminate edge band concepts are
being developed by Lockheed under their ACT contract{INAS1-18888].

3.3.2 Circumferential Frames

Design and development of circumferential frames for the side panel was performed by
Lockheed under their ACT contract (NAS1-18888). The J-section frames are braided
with a two dimensional (2-D) triaxial architecture (see Section 4.5) and resin transfer
molded of AS4/PR-500.

3.3.3 Window Frames

Braiding and resin transfer molding of AS4/PR-500 has also been adopted for fabrication
of window frames which were developed by Lockheed under their ACT contract [NAS1-
18888]. The window frames are mechanically fastened to the skin panel. The use of full
depth sandwich close-outs at window cutouts would eliminate the need for the
upstanding flange featured in the Lockheed design because the skin would posses
adequate inherent out-of-plane bending stiffness.

Forged aluminum window frames are a cost and weight efficient alternative, although an
electrical isolation scheme would be required for protection from galvanic corrosion if
used in a composite fuselage.

3.3.4 Passenger Door Reinforcing Elements

Passenger door edge frames and auxiliary frames are braided and RTM'd with AS4/PR-
500 in a manner similar to that employed for circumferential frames [2, 10]. Fabrication
of the edge frames was demonstrated by Northrop-Grumman Corporation under
subcontract to Boeing. The auxiliary frames are cobonded to the skin panel while the
edge frames are mechanically fastened following cure of the skin panel. Passenger door
sill chords are drape formed from IM6/8552 tape and plain weave fabric, and are
mechanically fastened to the cured skin panel. Passenger door intercostals are pultruded
and installed with mechanical fasteners. Intermediate modulus fiber has also been
identified for the intercostals

3.3.5 Passenger Floor Beams and Stanchions

Passenger floor beams are constant section, and are therefore amenable to pultrusion.
Stanchions should be drape formed because of a joggle which is required in the web for
assembly. Intermediate modulus fiber has been identified for these elements due to the
desire for high stiffness. However, AS4 may be adequate for floor beams because the
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same bending stiffness can be achieved with the addition of a small amount of material in
the flanges.
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4.0 MATERIAL AND PROCESS DEVELOPMENTS

4.1 Automated Fiber Placement

Automated fiber placement is a process in which yarns of preimpregnated fiber or slit
prepreg tape are collimated and applied to a tool to fabricate composite structure with
plies of unidirectional reinforcement as illustrated in Figure 4-1. The primary advantage
of fiber placement over conventional tape lamination processes is the ability to lay up
material on a compound contour. Two types of automated fiber placement were
investigated for fabrication of fuselage skin panels. The fundamental difference between
the two processes is contained within the fiber placement "head" and is related to the
manner in which the prepreg tow is delivered to the part. Hercules' BCA (band-cut-and-
add) head "ribbonizes" the prepreg tow into a band of prepreg tape just prior to contact
with the part while the TCA (tow-cut-and-add) head places each prepreg tow onto the
part independently. Aspects of automated fiber placement which are related to
producibility and manufacturing cost are discussed in [2, 6, 12]. The following
discussion is restricted to prepreg tow material developments and experiences with the
influence of the AFP process on material performance.

/ Individual Tension

Head \-.\_\“ Controlled Tows
' Cooled Band
Tow Restart " Collimator & Claraps

Rollers
Tow Cutters
Collimated
Fiber Band Compaction
Roller
Controlled
Hea

Part Surface

Head

Figure 4-1.  Schematic of the Automated Fiber Placement Process.

4.1.1 Prepreg Tow Materials

A variety of prepreg tow materials were procured from three suppliers as shown in Table
4-1. Prepreg tow was defined by the fiber type and tow size, type and amount of fiber
sizing, resin type, and resin content. Resin content was generally specified to provide a
nominal fiber volume of 57% with the following exceptions. Some materials were
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ordered with high resin content so that the influence of resin content on performance
could be evaluated. Higher resin content was defined for the AS4/8553-40 material
because of the interlayer toughened nature of the material. The T300/F584 material was
also ordered with a higher resin content so that it would be consistent with the tape form
of the material used by Boeing in production applications. A solution prepregging
process was employed by Fiberite and Hexcel while Hercules used a hot melt film
process. Slit tape materials were not pursued under the ATCAS program due to the
perceived higher cost of the raw material and the requirement for removal of backing
paper during fiber placement. Slit tape materials were also expected to create more
debris during fiber placement because of the potential for cut fibers on the edge of the
tape.

Fiber sizing was employed to improve the handling characteristics of the tow materials
during early prepregging efforts. The use of sizing was eventually abandoned because
the unsized fiber was observed to spread more uniformly to the desired width during the
prepregging process.

Physical properties of the prepreg tow which were monitored for quality assurance
purposes included the fiber lineal weight, resin content and prepreg tow width. The
density and glass transition temperature as well as several mechanical properties of a
cured laminate were also monitored. Chemical characterization by high performance
liquid chromatography (HPLC) and infrared analysis were performed by material
suppliers to ensure consistent chemistry and level of advancement. The results of quality
assurance testing are summarized in Appendix A and are discussed below.

Table 4-1:  Prepreg Tow Materials Used in the ATCAS Program.

Supplier Fiber Type Tow Size Fiber Sizing Resin Type Resin Content
Fiberite AS4 carbon 6K solvated epoxy 938 35.0
44.8
977-2 35.0
36.7
12K solvated epoxy 977-2 35.0
IM?7 carbon 12K emulsified epoxy 938 35.7
977-2 43.9
T1000G carbon 12K solvated epoxy 938 34.7
S-2 glass 20 end emulsified epoxy 938 27.8
Hercules AS4 carbon 12K emulsified epoxy 8553-40 40.0
unsized 8552 35.0
Hexcel T300 carbon 12K solvated epoxy F584 38.0

Fiber lineal weight is considered a key characteristic of prepreg tow because of its direct
influence on fiber areal weight in the finished part. Areal weight is controlled by placing
prepreg tows at fixed intervals with the TCA head. Areal weight may be varied with the
BCA head by varying the width of the ribbonized prepreg band. In both cases, the gross
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fiber areal weight of a given ply is also dependent on the interval on which successive
bands are placed. Once the manufacturing process is fixed, the areal weight is dictated
solely by the lineal weight of the prepreg tow. The fiber areal weight in turn has a direct
effect on the mechanical performance of the part. It also affects cured ply thickness
which is of interest for downstream manufacturing processes. Only minor variation
[coefficient of variation (c.0.v.) = 1 to 2%] was observed in the fiber lineal weight of
prepreg tow materials, with the exception of one lot of IM7/977-2 which exhibited a
c.0.v. of 4%. The source of variation in the IM7/977-2 material was not pursued.

Resin content has a significant influence on mechanical performance and a direct effect
on cured ply thickness. Mean values of resin content were typically very close to
nominal for all of the materials. The hot melt impregnation process employed by
Hercules provided prepreg tow with little variation in resin content (c.0.v. = 1 to 2%).
Greater variation (c.0.v. = 2 to 4%) was observed in the resin content of tow materials
produced by Fiberite and Hexcel with the solution coating process.

The width of the prepreg tow influences the tow-to-tow overlap or gap conditions in
parts fabricated with the TCA head. Tow materials which are too wide may be deformed
by the fixed-width chutes through which they must travel. The BCA head is generally
more tolerant of tow width variations because prepreg tows are not required to travel
through individual chutes. The ribbonizing process acts to spread the tows, eliminating
gaps and reducing the severity of overlap conditions. The amount of ribbonizing which
can be performed, however, is dependent on resin flow. Mean values of tow width were
again typically very close to nominal with several exceptions (see Appendix A). The best
control over tow width variation was demonstrated with Hercules' hot melt process which
provided AS4/8552 tow materials with a c.o.v. of 4%. The solution processes employed
by Fiberite and Hexcel resulted in greater variation, with c.o0.v.'s ranging from 6 to 17%.

Prepreg tow materials must exhibit appropriate tack for despooling and for adherence to
the tool or part during fiber placement. The tow must also be capable of traveling
through the fiber placement machine without deforming or leaving debris on the machine
which would result in excessive cleaning requirements. The prepreg tow materials
described above were found to be acceptable for use with the fiber placement process
with the following exception. One lot of AS4/8552 which exhibited a dry surface
resulted in a significant level of material scrap and associated AFP machine downtime
because of low tack. The dry surface was attributed to a forming process which was
intended to reduce variation in tow width, but which also tended to draw the fiber to the
surface of the prepreg tow.

The tack and integrity of a particular type of prepreg tow may be influenced by altering
the resin chemistry, level of advancement, and level of impregnation, and by controlling
temperature during spooling, storage, and fiber placement. Resin chemistry and level of
advancement also influence raw material stability in the manufacturing environment (i.e.
out-time) and flow during cure. The amount of tension applied during prepregging and
during fiber placement may influence despooling and adherence to the part. These
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parameters must all be adjusted in concert to provide a robust process for cost efficient
manufacturing.

4.1.2 Fiber Placement

The prepreg tow materials described above were used to fabricate unconfigured test
panels and manufacturing demonstration articles which in turn served as configured test
panels. Fiber placement was performed by Hercules with the fiber placement machine
designated FPM2.

The AS4/938 material was used primarily in fabrication of fuselage crown test panels
with a BCA head. The band width and band centerline spacing were adjusted to provide
fiber areal weight of 190 g/m2 A cross-section of a fiber-placed AS4/938 laminate is
presented in Figure 4-2. The physical properties of some of the test panels were
characterized by resin digestion. Fiber areal weight was found to be within 4% of
nominal. However, significant variations in resin content and associated variations in
thickness were observed in some panels. Resin content variations could not be traced to
the prepreg tow and are attributed to resin flow during autoclave cure.

Figure 4-2.  Microstructure of an AS4/938 Laminate Fabricated with
the Automated Fiber Placement Process (BCA Head).

Reduced stiffness in some crown test panels has been attributed to fiber distortion [13]
which may have resulted from the fiber placement process, or may have been a result of
movement during cure.

Fiber placement of AS4/938 with the BCA head resulted in significant improvements in
tension fracture performance over similar tape laminates [14, 15] as discussed in Section
5.1.2. The improved performance has been attributed to a non-homogeneous ply
architecture resulting from the fiber placement process and from stacking (as opposed to
staggering) of band edge splices in plies of like orientation. A quantitative evaluation of
variations in ply thickness, fiber volume, and fiber distribution was attempted by
Clarkson University through optical image analysis. A coefficient of variation in ply
thickness of 13% was observed along with "a suggestion of periodicity...of about one
inch" which correlates with the width of the prepreg band used in fiber placement of the
part. Variations in fiber distribution across the AFP band were also reported. A detailed
investigation into the dependence of tension fracture performance on microstructural




characteristics and a significant quality assurance effort would be required to exploit the
improved performance in structural design. '

AS4/938, AS4/977-2, IM7/938, and IM7/977-2 materials were used to fabricate stiffened
skin panels for an impact damage resistance designed experiment described in [16]. The
fiber placement process was found to influence the mechanisms by which damage is
created during an impact event as discussed in Section 6.1.1.

The T1000G/938 and S-2/938 materials were used to fabricate intraply hybrids with
AS4/938 as illustrated in Figure 4-3 [14]. Band width and centerline spacing were again
adjusted to provide 190 g/m? fiber areal weight in the AS4 material and the same ply
thickness (0.0074 inch) in the T1000G and S-2 materials. A cross-section of an AS4-
S2/938 intraply hybrid is presented in Figure 4-4. Note the overlap of carbon and glass
tows which is a result of the ribbonizing process. These materials were found to possess
significantly improved tension fracture performance as discussed in Section 5.1.2 [14,
17].

Repeat Unit
Width

Base Matl Hybiidizing Repeat

Designation Tow Mat?! Tow Repeating Pattem Unit
=3 Widh
Hybrid #1 AS4/938 $2/538 038in.
Hybrid #2 AS4838 $2/838 ©0.38in.
Hybrid #3 AS4538 $2/538 1.10in.
Hybrid #4 AS4/938 S2/938 1.10in.
Hybrid #5 AS4m38 T1000v938 1.10in,

Figure 4-3.  Intraply Hybrid Laminates Fabricated with the
Automated Fiber Placement Process.

Figure 4-4.  Microstructure of an Intraply Hybrid Laminate
Fabricated with the Automated Fiber Placement Process
(BCA Head).
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The AS4/8553-40 was used in an attempt to fabricate an interlayer particulate-toughened
material for the keel. The ribbonizing action of the BCA head resulted in dispersion of
the toughening particles throughout the carbon plies as shown in Figure 4-5. The merits
of this microstructure were not evaluated. Fiber placement of AS4/8553-40 was not
pursued further because of reports of excessive wear in AFP machine components from
the toughening particles.

Figure 4-5. Microstructure of an AS4/5340 Intelayr Particulate
Toughened Laminate Fabricated with the Automated
Fiber Placement Process (BCA Head).

Hexcel's T300/F584 was used in early keel panel development with the BCA head. The
band width and band centerline spacing were again adjusted to provide fiber areal weight
of 190 g/m2. A cross-section of a fiber-placed T300/F584 sandwich facesheet is
presented in Figure 4-6. Initial problems with despooling of T300/F584 were eliminated
by adjusting the temperature of the creel to reduce tack. No significant differences in
performance (compression notch sensitivity) were observed between T300/F584
sandwich panels with fiber-placed and laminated tape facesheets.
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Figure 4-6. Microstructure of a T300/F584 Sandwich Facesheet
Fabricated with the Automated Fiber Placement Process
(BCA Head).

Hercules' AS4/8552 was used for local optimization of keel panels with the BCA head.
The BCA head was again used to produce test panels with fiber areal weight of 190
g/m?2. No significant problems were encountered in fiber placement of the AS4/8552
material with the exception of a single lot of material which exhibited low tack, as
discussed above. No significant differences in performance (compression notch
sensitivity) were observed between panels which were fiber placed with the BCA head
and panels which were made with tape.

A TCA head, which was built for the Great Lakes Composites Consortium, was used for
fabrication of side quadrant test panels with AS4/8552. The 0.182-inch tow centerline
spacing of this head provided a fiber areal weight of 185 g/m? when used for fiber
placement of 12K AS4 tow. A cross-section of a fiber-placed AS4/8552 sandwich
facesheet is presented in Figure 4-7. No direct comparisons could be made with the
performance of panels made with the BCA head or with tape because plain weave fabric
was included in the side quadrant panels.

Figure 4-7.  Microstructure of an AS4/8552 Sandwich Facesheet
Fabricated with the Automated Fiber Placement Process
(TCA Head). Note the Use of Fabric Plies on the Part
Surface and Against the Core.
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4.2 Sandwich Core Materials

A variety of honeycombs, foam-filled honeycombs, and foams were considered for
sandwich core materials. Developmental and "off the shelf" products were considered.
Cost/weight design trade studies resulted in identification of Hexcel's HRP honeycomb as
the baseline core material for primary structural applications as discussed in Section
3.2.1. Du Pont's Korex honeycomb was later identified as a cost and weight efficient
alternative which may also provide improved impact damage resistance and
environmental durability. These products are readily available. Developmental core
materials which were investigated are discussed below.

4.2.1 Cellular Core Materials

Cellular materials potentially having attributes (e.g., impact damage resistance and high
shear modulus) attractive for the sandwich core of fuselage panels were considered. As
with other materials, the microstructure of a cellular solid depends on the material
constituents and fabrication processes. In turn, the mechanical properties of the foam
material are strongly dependent on its microstructure.  The optimum cellular
microstructure for the desired sandwich core properties was evaluated using theoretical
analyses, laboratory process trials, and mechanical tests. Although this work provided a
fundamental basis for future efforts, significant manufacturing and structural
developments are needed for use of an optimized cellular core material in transport
aircraft panels.

Significant results from the studies performed with cellular solids include development
of laboratory processes for making polymeric and metallic foams with re-entrant
microstructure (Figure 4-8), yielding negative Poisson's ratio response. The unique
material properties of foams with re-entrant microstructure were verified through
analytical and empirical methods. Elongation, indentation and impact damage resistance,
fracture toughness, and microbuckling instability were addressed. The influence of
coupon size and boundary conditions were considered.

Unit cell

Figure 4-8.  Cellular Core Material with Re-Entrant Microstructure.




Most of these studies, which were performed at the University of Iowa under the
direction of Dr. Roderic Lakes, have been documented in the open literature. Summaries
of the pertinent results and references are included in Appendix B.

4.2.2 In-Situ Processing Foam Core

A process for fabricating fuselage keel sandwich panels by concurrent cure of a
thermoset foam core and the sandwich facesheets was investigated [18]. This process
was of interest for its potential for producing low cost sandwich structure through
elimination of manufacturing processes traditionally associated with machining and
splicing other types of core material (e.g., honeycomb). The process was also expected
to provide a strong, reliable bond between facesheet and core through cocure of the
polymer matrices. Foam core sandwich test panels were fabricated with Sundstrand's
FEF (Foam Expansion Fabrication) process (Figure 4-9). Both unfilled and chopped-
carbon-fiber-filled foam cores were manufactured. The mechanical properties and
impact damage resistance of the foam core materials were characterized. The
development effort was discontinued due to the projected costs of process development
and tooling for manufacturing scale-up. Initial tests indicated poor mechanical
performance relative to honeycomb.

Figure 4-9. Foam Core Sandwich Structure Fabricated with
Sundstrand’'s Foam Expansion Fabrication Process.
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4.2.3 Foam-Filled Honeycomb

Foam-filled honeycombs (Figure 4-10) were investigated for use as keel sandwich core
materials in an effort to enhance impact damage resistance. A cyanate-ester foam
developed by Hexcel was of particular interest because of its resistance to moisture
sorption [19]. A manufacturing process development effort was initiated and sandwich
panels with foam filled HRP and HRH-10 (Nomex) core materials were fabricated. This
effort was curtailed due to poor performance in impact damage resistance surveys as
discussed in Section 6.1.2. However, foam filled honeycombs were used in development
of sandwich core close-outs as discussed in Sections 4.4.1 and 4.4.

Figure 4-10. Foam-Filled Honeycomb Fabricated with Hexcel's
Cyanate-Ester K Foam and HRH-10-1/8-5.0 Honeycomb.

4.3 Heat Forming of Honeycomb Core Materials

Honeycomb core materials often must be heat formed to contour. Cold drape forming
trials of the HRP keel core detail indicated that heat forming would be required.
Successful heat forming of phenolic matrix honeycomb materials such as HRP must be
conducted at temperatures above the glass transition temperature (T) of the phenolic
resin. Above the Ty, the honeycomb becomes soft and easily deformed. Forming at
temperatures below the T, may result in springback, buckled cell walls, and/or node
bond failure. The T, of incoming phenolic matrix honeycomb materials has been
measured to range from 340 to 430°F. The material will likely continue to
polymerize/cross link at typical forming temperatures, causing the Tg to rise to a
maximum which is dependent on the processing temperature.
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The temperature at which forming may be conducted should be limited by the
temperature at which oxidation or pyrolization of the phenolic matrix occurs. The
temperature may also be limited by pyrolization of the node bond adhesive (oxidation of
the adhesive is not expected to occur because it is protected from the processing
atmosphere). Processing at temperatures above that which cause thermal degradation
would require an understanding of degradation kinetics and appropriate control over the
time of exposure in production.

A process window was determined for heat forming HRP honeycomb core details
without degrading the material [9]. The process window was defined to avoid
oxidation/pyrolization of the phenolic resin matrix and node bond adhesive. The effect
of additional polymerization caused by the heat forming process on mechanical
properties was also evaluated. The rate of polymerization at typical heat forming
temperatures was characterized to aid in definition of specific processes.

Thermogravimetric analysis (TGA) was used to identify temperatures at which oxidation
and pyrolization may occur in the honeycomb and in the constituent materials. Weight
loss was observed in three regimes (Figure 4-11) and was attributed to: volatilization of
absorbed water, evolution of additional water as a byproduct of further polymerization,
and thermal degradation of the phenolic matrix. The results indicate core forming
operations should be conducted at temperatures below 500°F (260°C).

Curve 1: TGA
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Figure 4-11. Thermogravimetric Analysis of Hexcel's HRP
Honeycomb.
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Dynamic mechanical analysis (DMA) was used to characterize the rate of polymerization
at typical heat forming temperatures. The results of these tests were used to define
thermal exposure times and temperatures for mechanical test panels (Figure 4-12).

Curve 1: DMA Temp/Time Scan in 3 Point Bending
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Figure 4-12. Dynamic Mechanical Analysis of Hexcel's HRP
Honeycomb.

Test panels representative of the aft keel sandwich structure were fabricated with
honeycomb details which had been subjected to various thermal exposures. The
sandwich structures were tested for core shear strength as well as impact damage
resistance. Shear strength test results were correlated with Ty as an indication of the
Jevel of polymerization. The shear strength was reduced only slightly by processing at
450°F as shown in Figure 4-13. Processing at 500°F caused a greater reduction in shear
strength.
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Figure 4-13. Through-Thickness Shear Strength of Hexcel's HRP
Honeycomb Following Exposure to Elevated
Temperatures. ""L'" and ""W' Indicate Loading Parallel
and Perpendicular to the Core Ribbon, Respectively.

Impact surveys were conducted to determine the effect of the thermal exposure on impact
damage resistance. The panels were impacted at low velocity with a one inch diameter
spherical steel tup at energy levels ranging from 100 to 500 inch-pounds. Through-
transmission ultrasonic (TTU) inspection was used to determine the planar extent of
impact damage. The reliability of TTU for detecting impact damage in sandwich
structures was verified, as discussed in Section 6.1.2. Impact damage resistance was
degraded only slightly for processing at 450°F and to a greater extent for processing at
500°F as shown in Figures 4-14 and 4-15. A significant amount of variation was
observed in coupons processed at S00°F.
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Figure 4-14. Impact Damage Resistance of Hexcel's HRP Honeycomb
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Figure 4-15. Impact Damage Resistance of Hexcel's HRP Honeycomb
Following Exposure to 500°F.

Results of mechanical testing described above indicate that heat forming of HRP
honeycomb may be conducted at 450°F with little effect on performance. Processing at
500°F should be expected to result in nominal degradation of shear strength and a
significant reduction in impact damage resistance. The temperature at which thermal
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degradation begins may have been over estimated from results of thermogravimetric
analysis because of failure to account for the dynamic nature of the test.

A similar effort was initiated to determine a process envelope for Hexcel's TPC
honeycomb. TMA results indicated a Ty of 365° to 390°F. Results of TGA indicated
thermal degradation beginning at about 645°F. Results of this preliminary investigation
indicate that a heat forming process for Hexcel's TPC honeycomb should be performed
between 390° and 645°F. A more detailed study should be performed to confirm this
conclusion, especially considering the failure of thermal analyses to accurately identify
the temperature at onset of thermal degradation for HRP.

A process window has not been determined for Du Pont's Korex material. However,
thermal degradation is expected to occur in the same temperature regime as for HRP
because a phenolic matrix resin is used in fabrication of both materials.

4.4 Sandwich Core Close-Outs

The primary design requirements for sandwich core close-outs are to react fastener
clamp-up loads and to protect the core from fluid ingress. Ramped core close-outs may
also be required to aid load transfer through the eccentric load path imposed on the
facesheet. ‘

A variety of sandwich core close-out design concepts were investigated for use at
longitudinal and circumferential panel splices and window cutouts. Core close-outs were
incorporated into flat test panels and manufacturing demonstration articles which in turn
served as configured test panels. All panels were inspected with TTU. The core close-
out area was sectioned for optical microscopy, where appropriate, to document
microstructure. Core close-out fabrication efforts and results of optical microscopy are
described below. Results of fastener clamp-up, bearing/bypass and configured panel
splice joint tests are discussed in Section 5. Core inserts for penetrations and attachments
to sandwich structures were not pursued beyond development of the design concepts
described in Section 3.2.1.

4.4.1 Longitudinal Panel Splices

Full depth and chamfered core close-out concepts were developed for longitudinal panel
splices. Three types of full depth close-outs were fabricated. The first concept
illustrated in Figure 4-16, consisted of a series of braided and resin transfer molded
carbon/epoxy tubes. Individual tubes were braided with 3K and 6K AS4 fiber in a
triaxial pattern. Three tubes were then combined and an additional ply braided over the
assembly. Shell's RSL 1895 epoxy was used for resin transfer molding. The close-out
was bonded to the honeycomb core detail with foaming adhesive prior to incorporation
into the panel bond assembly. A cross-section of a core close-out in an aft keel
manufacturing demonstration article is presented in Figure 4-17. Note the slight
distortion of the horizontal cell walls (and facesheets) due to autoclave pressure.
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Braided/RTMd Core Close-Out
« 2 plies braided AS4 carbon
* ASL 1895 epoxy resin

Honeycomb Core

Foaming Adhesive

Fastener Centerline
AS4/8552 Sandwich Facesheets

Metalbond 1515-3M Epaxy Film Adhesive
Used to Cocure Facesheets to Core and Close-Out

Figure 4-16. Longitudinal Panel Splice Core Close-out Constructed of
Braided/RTM'd Carbon/Epoxy Tubes.

Figure 4-17. Longitudinal Panel Splice Core Close-out Manufacturing
Demonstration (Braided/RTM'd Carbon/Epoxy Tubes).

A second design concept (Figure 4-18) consisted of a single braided and resin transfer
molded carbon/epoxy tube with a core consisting of solid carbon/epoxy laminate and
foam filled honeycomb strips. The solid laminate strips are located along fastener lines
to react clamp-up loads. The assembled core serves as a braiding mandrel and fly away
resin transfer molding tool. Hexcel's cyanate-ester K foam was used to fill the
honeycomb for manufacturing demonstration articles. The K foam proved inadequate to
resist RTM mold pressures and became infiltrated with resin. A more robust foam, such
as that described below for window cutout core close-outs, would be required to pursue
this concept further.

4-16




Honeycomb Core

Foaming Adhesive Braided/RTM'd Core Close-Out
» 2 plies braided AS4 carbon

Carbor/Epoxy Solid Laminate « RSL 1895 epoxy resin

HRP-3/16-12.0 Honeycomb
Cyanate-Ester "K foam"®

/ AS4/8552 Sandwich Facesheets

Metaibond 1515-3M Epaxy Film Adhesive
Used to Cocure Facesheels to Core and Close-Out

Figure 4-18. Longitudinal Panel Splice Core Close-out Constructed of
a Braided/RTM'd Carbon/Epoxy Tube with Solid
Carbon/Epoxy Laminate and Foam Filled Honeycomb
Core.

Solid laminate and (unfilled) honeycomb strips were cobonded with glass fabric caps in a
third full depth concept, illustrated in Figure 4-19. A cross-section of this close-out in a
flat test panel is presented in Figure 4-20. Distortion of the facesheets resulted from
mismatch of the close-out and core.

Fiberglass/Epaxy "Cap”

Carbor/Epoxy Solid Laminate

Honeycomb Core

Foaming Adhesive

V Fastener Centerline \4

AS4/8552 Sandwich Facesheets

f+— 0650 —>{s—0.600 —>}o— o.;so —-i<(;—35—5>|

Metaibond 1515-3M Epaxy Film Adhesive
Used to Cocure Facesheets to Core and Close-Out

Figure 4-19. Longitudinal Panel Splice Core Close-out Constructed of
Solid Carbon/Epoxy Laminate and Honeycomb with
Fiberglass/Epoxy Caps.
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Figure 4-20. Longitudinal Panel Splice Core Close-out Manufacturing
Demonstration (Solid Carbon/Epoxy Laminate and
Honeycomb with Fiberglass/Epoxy Caps).

One chamfered core close-out concept with laminate edge band was pursued. The design
consisted of syntactic foam filled honeycomb with a fiberglass overwrap as illustrated in
Figure 4-21. The foam-filled honeycomb was used for improved fastener clamp-up
resistance. The fiberglass overwrap was included to improve resistance to fluid ingress
and could be fabricated with the braiding/RTM process. A cross-section of the core
close-out in a longitudinal splice test panel is presented in Figure 4-22.

Chamfered Core Close-Out
» sy tic foam filled honeycomb core
12.0 pef 0790 glass/phenolic honeycomb or
15.0 pet Y90 carborvpolyirmide honeycomb (bisected)
Honeycomb Core 27 pef Alba-Core Phenolic Syntactic Foam
* 1581 style fiberglass/epaxy overwrap

Foaming Adhesive

l . Fastener Centerline
AS4/8552 Sandwich Facesheets

/

-
~
-
..

Metalbond 1515-3M Epaxy Film Adhesive
Used to Cocure Facesheets to Core and Close-Out

Figure 4-21. Longitudinal Panel Splice Core Close-out Constructed of
Chamfered Foam Filled Honeycomb with
Fiberglass/Epoxy Overwrap.

Figure 4-22. Longitudinal Panel Splice Core Close-out Manufacturing
Demonstration (Chamfered Foam Filled Honeycomb with
Fiberglass/Epoxy Overwrap).
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4.4.2 Circumferential Panel Splices

Only full depth core close-out concepts were pursued for circumferential panel splices.
All of the concepts exhibited small chamfers on each side of the panel to accommodate
splice plates, as illustrated in Figure 4-23. The primary difference between various
concepts lay in whether the honeycomb extended through the chamfered area or was
replaced by solid laminate in this area. Minor differences in close-outs manufactured for
keel and side panels were in the type of core material and in the depth of the core
chamfer. A cross-section of a core close-out in a circumferential splice test panel is
presented in Figure 4-24.

Honeycomb Core

Foaming Adhesive

AS4/8552 Sandwich

Carbor/Epoxy Solid Laminate Facesheots

Fastener Centerline

0.179 0.367 0.204

-

Metalbond 1515-3M Epaxy Film Adhesive
Used to Cocure Facesheets to Core and Close-Out

Figure 4-23. Circumferential Panel Splice Core Close-Out.

Figure 4-24. Aft Side Circumferential Panel Splice Core Close-Out
Manufacturing Demonstration.

443 Window Cutouts

Full depth and chamfered core close-out concepts were pursued for window cutouts.
Braided and resin transfer molded full depth core close-outs (Figure 4-25) were
fabricated by Boeing's Defense and Space Group under Task 20 of task order contract
NAS1-18954 [20]. S-2 glass and AS4 carbon fiber were braided in a 2-D triaxial
architecture over syntactic foam filled honeycomb mandrels which also served as the
close-out core. Shell's DPL 862 epoxy was used for resin transfer molding. A cross-
section of a core close-out in a window belt test panel is presented in Figure 4-26.
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Window Frame

AS4/8552 Sandwich Facesheets Secriicial Core Material
Braided/HTM'd Core Close-Out
» 2plies braided S3CG 150 1/2 fberglass
© Shell RSL. 1885 epoxy resin
« foam-filled honeycomrb core
» Hexcel HRP-3/16-12.0 honeycomb
» Hysol Synspand X9899 expanding sy ic foam

Cytec Matabond 1515-3M Epoxy Fim Adhesive
used for Cocuring the Faceshests to the Core and Close-Out

Figure 4-25. Window Cutout Core Close-Out Constructed of Braided
and Resin Transfer Molded Tubes with Syntactic Foam
Filled Honeycomb Core.

Figure 4-26. Window Cutout Core Close-Out Manufacturing
Demonstration (Braided and Resin Transfer Molded
Fiberglass/Epoxy Tubes with Syntactic Foam Filled
Honeycomb Core).

Full depth solid fiberglass/epoxy laminate core close-outs (illustrated in Figure 4-27)
were employed in one sub component test panel. Cross-sections of these close-outs are
not available because the entire manufacturing demonstration article is being used for
structural test.
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AS4/8552 Sandwich Facesheets Window Frame

Solid Fibergalss/Epaxy Core Close-Out

Figure 4-27. Window Cutout Core Close-Out Constructed of Solid
Fiberglass/Epoxy.

One chamfered core close-out configuration was investigated for window cutouts. The
facesheets are drape formed over a chamfered core detail to provide a laminate edge band
as shown in Figure 4-28. A 30° chamfer is desired to provide adequate area for bonding
of the circumferential frame to the sandwich structure between windows. Selective
cutting of prepreg tows in the area of the core chamfer may allow drape forming around
the elliptical detail without wrinkling the facesheet material as described in [6].
Staggering of prepreg tow cuts should result in little effect on the strength and durability
of the facesheet material, although this must be verified. A manufacturing trial was
performed with prepreg tape which was cut in a representative manner. A cross-section
of the chamfered region is presented in Figure 4-29. The bagside facesheet was
successfully drape formed over the core chamfer with no bridging or porosity. No
wrinkles were observed in the facesheet.

.
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AS4/8552 Facesheets Window Frame

Figure 4-28. Ramped Core Close-Out Design Concept for Window
Cutouts.
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Figure 4-29. Ramped Core Close-Out Manufacturing Demonstration.

Additional ramped core/laminate edge band design concepts were pursued by Lockheed
under their ACT contract [NAS1-18889].

4.5 Braiding and Resin Transfer Molding

Braiding and resin transfer molding were identified as the most cost efficient means of
fabricating composite circumferential frames [2, 3] with a novel manufacturing plan
described in [4]. Advancements in braiding and RTM technology were pursued through
both analytical and experimental efforts [21]. Two dimensional (2-D), 2-D triaxial
(illustrated in Figure 4-30), and three dimensional (3-D) braid patterns were investigated.
Although intermediate modulus fiber may be more structurally efficient for stiffening
elements, AS4 fiber was chosen for the development effort because it was deemed less
likely to be damaged during the braiding process. Shell's DPL-862 epoxy resin was
chosen for development of the molding process and for early mechanical property
characterization because of its low cost and manufacturing properties (rheometrics).
Shell's RSL 1895 epoxy resin was later adopted for development of circumferential
frames because the DPL-862 was found to possess inadequate mechanical properties.
RSL 1895 is no longer produced by Shell. 3M's PR-500 fluorinated epoxy is an
attractive alternative resin which was selected by Lockheed for further development of
circumferential frames under their ACT contract [NAS1-18888]. Braiding and
consolidation of commingled AS4/PEEK yarn was also pursued as an alternative process
[21].
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2D 2-D Triexial

Figure 4-30. Braided Composite Fiber Architectures Investigated by
the ATCAS Program.

Preliminary development of the braiding and resin transfer molding processes with the
DPL-862 resin was accomplished through a series of processing trials [21]. The quality
of processing trial panels were evaluated via non-destructive and destructive techniques.
Fiber orientation in mechanical test panels was evaluated by surface measurements and
radiographic inspection (x-ray opaque tracer yarns were included in fiber preforms).
Ultrasonic inspection was found to be of marginal value for detecting porosity and voids
in braided composites because of a large difference in attenuation between areas with
high and low fiber volume, which are inherent to the fiber architecture. Optical
microscopy and resin digestion tests were used to characterize fiber and void volume.
Critical process parameters were adjusted until no further improvements in part quality
could be achieved. The resulting process was used in fabrication of mechanical test
panels with 2-D triaxial and 3-D braid architectures. Large variations in braid angle
(x5°) were observed within and between mechanical test coupons. Fiber volume was
found to vary by up to 9% from the nominal 60%. Void volumes of up to 3% in 2-D
braided and up to 6% in the 3-D braided composites were measured.

The process was optimized for circumferential frames with Shell's RSL 1895 resin.
Three 2-D triaxial braid architectures were pursued. A series of circumferential frames,
three feet in arc length, were fabricated along with additional mechanical test panels.
Improvements in the preform handling procedure reduced variations in braid angle to
within £2.5° in mechanical test panels. Fiber volume was found to be within 5% of the
target value of 55%. Void volume was reduced to < 0.5% with the RSL 1895 resin
(Figure 4-31). The quality of the frame manufacturing trials were found to be consistent
with the flat mechanical test panels.
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Figure 4-31. Microstructure of 3' Braided/RTM'd Circumferential
Frame Manufacturing Process Development Article.

Circumferential frames of eight foot arc length were manufactured to address scale-up
issues as discussed in [6], and for use in sub component panels. Surface porosity noted
in one region of each frame during initial efforts was eliminated through minor process
adjustments. Ultrasonic inspection indications running the length of some frames were
found to be a result of stacking (instead of nesting) of axial tows in adjacent plies as
shown in Figure 4-32 [6, 22]. The associated areas of high and low fiber volume resulted
in large differences in ultrasonic attenuation as discussed above.

Figure 4-32. Microstructure of 8' Braided/RTM'd Circumferential
Frame Manufacturing Demonstration Article. The
Stacked Axial Tows Resulted in Variations in Ultrasonic
Attenuation as Shown in the C-Scan.
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Analytical methods which were developed to predict stiffness, stresses from
environmental and mechanical loads, failure mechanisms, and the progressive failure
history of braided composites [21] are described in Section 5.4.1. Results of mechanical
test programs intended to characterize the performance of the braided composite panels
described above are discussed in Sections 5.4.2 and 5.4.3.

Braiding and resin transfer molding were also employed in fabrication of sandwich core
close-outs as discussed in Section 4.4.

4.6 Autoclave Cure

4.6.1 Stiffened Skin Structure

Little effort was expended in development of the autoclave cure cycle for stiffened skin
structure with Fiberite's 938 matrix resin. A significant level of experience has been
gained through production manufacture of parts with similar resin systems (e.g.,
Fiberite's 934). The manufacturer's recommended cure cycle was used by Hercules in
fabrication of crown test articles. Minor surface porosity was eliminated through the use
of peel ply on the part surface. Resin flow during cure resulted in resin content
variations and resin flash around design details. Tooling modifications partially resolved
this problem [6]. A more generalized solution may be achieved through alteration of the
cure cycle and resin rheometrics to increase the minimum viscosity and reduce resin flow

during cure.

4.6.2 Thick Laminate/Sandwich Structure

Keel and side panels exhibit thick laminates which transition into sandwich structure in
areas of reduced loads. This structural configuration poses significant processing
challenges. Cure of the epoxy matrix must be accomplished in a timely manner while
avoiding uncontrolled exotherm. Low cycle time is desirable to limit capital
expenditures for tooling and autoclaves while maintaining production rates. However,
exotherm during the autoclave cure may result in damage to the part and tooling, and
presents a safety hazard. The mechanical properties of epoxy resins are typically
dependent on degree of cure. Competing reactions may even result in path dependent
properties. An understanding of reaction rate kinetics and of the influence of the cure
cycle on matrix properties is therefore required to define an efficient cycle which will
avoid exotherm and provide uniform properties in the end item.

Concurrent consolidation of both thick laminate and sandwich facesheets must be
accomplished while avoiding core crush or excess resin bleed from the part edges or into
the core. Complete consolidation (i.e. no porosity) is desirable to achieve optimal
mechanical performance and to provide a reliable barrier for moisture ingress into the
core. Application of vacuum is typically used to draw air and volatiles from the system
and compact the part. Autoclave pressure is then used to overcome the vapor pressure of
remaining volatiles, and to force resin flow. The resin must exhibit a minimum viscosity
which will allow flow for consolidation but inhibit excess resin bleed from the part. This
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balance of rtheology is intensified when cocuring sandwich structure where the autoclave
pressure is reacted over a small portion of the part surface area and the resin may be
pushed through the fiber bed into the core. Appropriate resin rheology and cure cycle
thermal profile are therefore critical to proper consolidation of the keel and side panels.

A combined empirical and analytical approach was taken in development of a process for
cocuring thick laminate/sandwich structure [9]. The reaction rate kinetics and rheology
of 8552 epoxy were characterized. Results of dynamic differential scanning calorimetry
(DSC) were used to confirm the ability to predict the reaction rate of the system. An
auto catalytic kinetic model of the primary reaction adequately represents the data during
the initial portion of the exotherm, as shown in Figure 4-33. The prediction diverges
from experimental data as a second exothermic process begins at higher temperatures.
Further refinement of the kinetic model to account for the second reaction were not
pursued because the reaction progresses at a very slow rate at the cure temperature.

Experimental Data

Autocatalytic Equation

<-<<endo relative scale exos>>->
O
[§21

100 125 150 175 200 225 250

Temperature (°C)

Figure 4-33. Comparison of Reaction Rate Kinetics of the 8552 Resin
System with the Prediction of an Auto Catalytic Model.

The influence of cure cycle variations and extended time at cure temperatures on the
performance of 8552 composites were evaluated by measurement of in-plane lamina
shear modulus and modes I and II interlaminar fracture toughness. Mode I fracture
toughness exhibited the greatest sensitivity to variations in the cure cycle. Mode I
fracture toughness decreased by 14% from nominal under the most severe cure cycle
tested (24 hours at 365°F), but is expected to vary by only 5% in a typical production
environment. A good correlation of fracture toughness with residual heat of reaction for
various cure cycles (Figure 4-34) indicates a path independent relationship between level

of cure and mechanical performance.
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Figure 4-34. AS4/8552 Mode I Strain Energy Release Rate as a
Function of Residual Heat of Reaction for Various Cure
Cycles.

An instrumented sub component processing trial (Figure 4-35) was performed to verify
heat transfer analyses and evaluate the quality of structure cured with a step cure process
recommended by Hercules. Temperature data compiled during the process trial verified
the prediction of an exotherm during a 300°F dwell as shown in Figure 4-36. The results
provided confidence in the ability to predict the thermal profile of a large part during
autoclave cure. Subsequent modeling efforts and processing trials showed that the use of
heavy Invar tooling (typical of production) inhibits exotherm by acting as a heat sink.
The baseline cure cycle has been simplified by elimination of the 300°F dwell which was

originally intended to bleed energy from the system and avoid exotherm.

1.889° core taper
Hercules 8552/AS4 prepreg 4 ply drops per inch

1.110
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b | 4— 31 15—
60- .
solid region transition region honeycomb

Figure 4-35. AS4/8552 Thick Laminate/Sandwich Process Trial Panel
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Figure 4-36. Comparison of Analytical and Experimental Results for
the Thermal Response of the Process Trial Panel.

Sectioning and optical microscopy revealed good consolidation in both thick laminate
and sandwich facesheet regions of the panel. Excess resin bleed was not observed from
the part edges or into the core. Poor filleting of the film adhesive to the honeycomb cell
walls was the sole anomaly noted in the panel. The significance of the poor adhesive
fillets has not been determined.

Modification of the level of advancement of the prepreg tow to support efficient fiber
placement resulted in minor porosity in some sandwich panels cured with the modified
baseline cure cycle. Further modification of the prepreg tow resin chemistry and level of
advancement to provide adequate out-time may amplify this problem. Additional
process development work will be required to define a robust cure cycle for the final
material form.
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5.0 MECHANICAL PERFORMANCE OF SELECTED
MATERIALS

The mechanical performance of selected materials were characterized to aid in material
selection, and to provide the engineering community with the material properties of
interest for the design and analysis of composite fuselage structures.

51 Fuselage Skin Materials

The stiffness, strength, notch sensitivity, and bearing/bypass properties of candidate skin
materials were characterized. Efforts were focused on the baseline materials selected for
the crown (AS4/938) and for the keel and side (AS4/8552). Other materials and material
forms, including intermediate modulus fiber, interlayer toughened systems, and intraply
hybrids (see Section 4.1.2), were considered. Plain weave fabric plies were incorporated
on the surfaces of some laminates and sandwich facesheets. The influence of
manufacturing process and process variations were investigated. Laminates fabricated
with the fiber placement and tape lamination processes were tested. Both BCA and TCA
fiber placement heads were employed.

5.1.1 Stiffness

Lamina moduli of candidate fuselage skin material systems are presented in Table 5-1.
Lamina moduli were initially determined from unidirectional test data obtained from the
literature and material suppliers. Micromechanics [23] were used to normalize test data
to the appropriate fiber volume and to estimate values for which data was not available.
The use of lamina modulus values obtained from unidirectional test coupons for
predicting laminate modulus with classical laminated plate theory was found to be
inaccurate. The compression modulus of AS4/938 coupons cut from configured test
panels was measured to be 10 to 20% lower than predicted by laminated plate theory
[13]. Results from coupon level tests of fiber placed and tape laminates were
comparable. However, lower stiffness was observed in fiber placed panels during
crippling tests. The lower stiffness of fiber placed panels may have been a result of fiber
waviness which was not observed in tape laminates. The shear modulus of fiber placed
laminates was also measured to be lower than expected and lower than that of tape
laminates. The moduli of AS4/8552 laminates and sandwich structures were also
measured to be lower than those predicted by laminated plate theory. No significant
differences were observed between AS4/8552 laminates fabricated with the fiber
placement and tape lamination processes nor between laminates and sandwich structures.
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Table 5-1. Lamina Moduli of Candidate Material Systems as
Determined from Unidirectional Test Data and
Micromechanics. Values in Brackets were Derived from
Multidirectional Laminates.

Form Material RC. Vs Eqt E € Ep G2 vi2
/o) V/o) (msi) (msi) (msi) (msi)
Tape/Tow AS4/938 350 | 56.8 19.6 18.8 1.36 0.72 0.32
[18.3] | [16.0]

S-2/938 27.8 | 56.6 7.40 7.00 2.16 0.77 0.26
T300/F584 | 38.0 | 554 17.5 15.9 1.28 0.66 0.34
AS4/8552 350 | 574 18.8 17.8 1.36 0.76 0.32
[18.1] | [16.3]
AS4/8553-40 | 40.0 | 533 17.9 16.3 1.31 0.65 0.34

IM6/937 350 | 572 22.1 20.1 1.34 0.70 0.33

IM7/8552 350 | 58.0 224 18.4 1.39 0.71 0.33
IM7/8551-7 | 350 | 573 21.9 20.0 1.20 0.66 0.34

Plain Weave AS4/938 38.0 53.6 9.5 8.6 * 0.68 0.044
Fabric AS4/8552 38.0 54.2 9.2 8.7 * 0.72 0.046
IM7/8552 38.0 54.7 11.2 9.7 * 0.70 0.041

* use values for E4

Results from multidirectional laminate coupons were used to update lamina modulus
values for AS4/8552 and AS4/938 tow materials. The axial lamina moduli required to
accurately predict the measured modulus of each laminate was determined for tension
and compression loading. The averages of these values are listed in the table in brackets.
Other lamina moduli, which play a minor role in determination of laminate modulus,
were not adjusted. The modulus of each laminate was then predicted with the updated
lamina moduli to provide visibility of the error which may be expected from use of the
updated values. A graphical comparison of predicted and measured laminate modulus
for AS4/8552 is provided in Figures 5-1 through 5-3.
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Figure 5-3.  Predicted and Measured Shear Moduli of AS4/8552
Laminates.

The adjusted values of lamina axial moduli are 9 to 18% lower than those obtained from
unidirectional test data with the greatest difference in values for compression modulus of
AS4/938. This may be partially attributed to fiber distortion observed in some fiber
placed laminates and is based on a relatively small number of coupons. However, the
value is consistent with that used by McGowan [24] to accurately model the behavior of
a five stringer crown compression test panel. The lamina modulus values for AS4/938
should be verified with attention to the amount of fiber distortion in the test coupons.
Similar reductions in effective lamina moduli should be expected for the other materials.

The influence of extreme temperatures and of absorbed water on the modulus of a quasi-
isotropic AS4/8552 laminate with fabric surface plies was investigated. Laminate
modulus at -65°F was observed to be 5 to 6% higher than at room temperature for
tension and compression loading. Hot/wet conditions had no significant effect on tension
modulus but degraded compression modulus by 4%.

5.1.2 Strength and Notch Sensitivity

The strength and notch sensitivity of candidate fuselage skin materials were investigated
to support ultimate strength and damage tolerance analyses. Unnotched and center-
notched laminates and sandwich structures were tested in uniaxial tension and
compression. Unnotched tests were performed primarily for material quality assurance
purposes and for determination of laminate stiffnesses as discussed above. Unnotched
strength data were also used to aid reduction of notched strength data and to support
development of analytical methods. Machined slits were used to represent the range of
less-defined damage states that can occur in service for damage tolerance analyses. The
validity of representing through-penetrations with machined notches was investigated on
a limited basis. The influence of test specimen geometry and strain rate were considered.
Open and filled-hole tension and open-hole compression tests were also performed and
are discussed in Section 5.1.3.




Tensile Strength and Notch Sensitivity

The tensile strength of coupons with through-penetrations created by impact with a blade
were within 10% of those with machined notches of the same size (as the blade) in most
cases as shown in Figure 5-4 [14]. One exception in which the residual strength of the
lone toughened-matrix laminate with a through-penetration was significantly (~20%)
lower than with a machined notch was likely a result of fiber failure beyond the width of
the blade during the impact event. This impact damage state was identified via
destructive evaluation (thermal deply). Significantly higher through-penetration residual
strengths were observed in two of the thickest laminates with untoughened matrices. A
large amount of matrix damage sustained during the impact event may have acted to
blunt the stress concentration in these coupons.
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Figure 5-4. Comparison of the Residual Tensile Strength of
Laminates with Through-Pencetrations and Machined
Notches.

Non-classical material responses were observed in tension test coupons with machined
notches. Notch tip strain distributions were less severe than predicted by classical
methods, even before damage initiation as shown in Figure 5-5 [15, 17]. Reduced notch
sensitivity was noted in coupons with greater deviation from a classical square-root
singularity. A strain softening effect which results in further deviation from a classical
linear-elastic response has been shown to accompany the accumulation of notch tip
damage [5].
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Strong coupon finite width effects were also observed, particularly in those materials
which demonstrated reduced notch sensitivity. Isotropic finite width correction factors,
which have been found to differ only slightly from similar orthotropic factors [25], did
not adequately account for finite width effects as shown in Figure 5-6 [14, 15]. Failure
of the correction factors to account for finite width effects is another indication of the
non-classical material response.
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Figure 5-6.  Failure of Linear-Elastic Correction Factor to Account
for Finite Width Effects in Tension ([X/Y/Z] indicates the
number of plies in the [0/ 45/90] orientations).

The non-classical elastic material response and strain softening which accompany notch
tip damage accumulation result in flatter residual strength curves than are predicted by
classical methods. The functional form of the Mar-Lin fracture model allows reduced
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notch sensitivity to be addressed through the use of non square-root singularities [26].
This functional form has been used to predict large-notch strength from small-notch data
with moderate success as shown in Figure 5-7 [14, 15, 17]. Residual strength vs. notch
length curves were constructed from test data with this method to aid in the following
discussions.
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Figure 5-7.  Prediction of Large Notch Strength from Small Notch
Data with the Functional Form of the Mar-Lin Fracture

Model ([X/Y/Z] indicates the number of plies in the [0/~
45/90] orientations).

Influence of Material Type and Construction on Tension Fracture Performance

A wide range of material variables affected the tensile strength of coupons with
machined notches. Laminates constructed with intermediate modulus fiber in an
untoughened matrix (e.g., IM6/937A) exhibited residual strengths which were superior to
similar laminates made with standard modulus fiber as shown in Figure 5-8 [14].
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Figure 5-8.  Tensile Notch Sensitivity of Several Candidate Fuselage
Skin Materials.




Laminates with toughened matrices (e.g., IM7/8551-7), which inhibited the creation of
notch tip damage, demonstrated higher small-notch strengths [14, 15, 17]. However,
laminates with untoughened matrices, which exhibited a large amount of notch tip
damage at low stress levels, exhibited higher large-notch strengths. A trade-off between
small-notch performance (i.e., strength) and large-notch performance (i.e., toughness) is
the result, as shown in the figure. This trade-off was most pronounced in hard layups
(with a high percentage of plies oriented in the loading direction). The superior large-
notch performance of the untoughened matrix composite is due to a reduction of the
notch tip stress concentration with the accumulation of damage. The inferiority of the
untoughened matrix composite in the small notch regime may have been exaggerated by
the use of small coupons, in which little edge margin was available for damage growth.
A significant implication of these behaviors is that small notch tests (e.g., 1/4" open- or
filled-hole tension) should not be used to screen materials for applications in which
large-notch behavior is critical.

A similar strength-toughness trade-off was observed between laminates of the same
material with differing layups [14, 15, 17]. Hard layups demonstrated high strength but
low toughness when compared to soft layups, as shown in Figure 5-9. This behavior was
most pronounced in toughened matrix composites.
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Intraply hybrids of AS4 carbon and S-2 glass fiber in a 938 matrix (described in Section
4.1.2) demonstrated superior large-notch tension fracture performance as shown in
Figure 5-10 [14, 15, 17].
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Figure 5-10. Superior In-Plane Fracture Toughness of AS4-S2/938
Intraply Hybrids

The use of fabric plies on the surfaces of the facesheets in AS4/8552 sandwich structures
resulted in comparable strength and improved toughness relative to panels constructed of
AS4/8552 tow only, as shown in Figure 5-11 [15]. This implies that the impact damage
resistance advantages of toughened-matrix materials may be exploited while retaining
tension fracture performance comparable to untoughened-matrix materials.
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Figure 5-11. Improved Toughness Provided by Fabric Surface Plies in
AS4/8552 Sandwich Panels.
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Little difference was observed between the performance of laminates and sandwich
structures constructed of similar materials, as shown in Figure 5-12 [15].
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Figure 5-12. Comparable Tensile Notch Sensitivity of Laminate and
Sandwich Structures.

Influence of Manufacturing Process and Process Variations on Tension Fracture
Performance

The manufacturing process and process variations were also found to have a significant
influence on tension fracture performance [14, 15]. AS4/938 laminates which were fiber
placed with the BCA head exhibited reduced notch sensitivity relative to laminates made
of prepreg tape as shown in Figure 5-13. It is hypothesized that the improved fracture
toughness is a result of the inhomogeneous nature of the fiber placed laminates
(described in Section 4.1). The improved performance, however, does not appear to be
robust with respect to process variations. Inferior performance observed in subsequent
fiber placed test panels may have been a result of: (1) the use of a different fiber
placement head and the associated difference in microstructure, (2) lower fiber areal
weight and resin content, and/or (3) lower tensile strength of the prepreg tow material. A
significant developmental effort would be needed to achieve the level of process control
required to exploit the improved performance of the fiber placed material in structural
design.
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Strain Rate Effects on Tension Fracture

The notched tensile strength of AS4/938 laminates manufactured with the tape
lamination process was observed to be strongly dependent on strain rate with reduced
strengths at higher strain rates [27]. Fiber placed AS4/938 laminates, however, exhibited
little strain rate sensitivity. The notched strength of IM7/977-2 tape laminates was also
found to be strain rate independent.

Analytical Representation of Tension Fracture

The effects of an inhomogeneous (e.g., fiber-placed) microstructure on the fracture
properties of composite laminates were modeled by Cairnes, et. al. [28]. A hierarchial
finite element modeling scheme employing a global model for the center-notched test
panel and a local model for the inhomogeneous material at the notch tip was developed.
A stacked membrane model was also developed to study ply splitting and delaminations
at the lamina level. Results indicate the greatest improvements in tension fracture
performance in the fiber-placed laminates may be a result of increased ply splitting and
delamination relative to tape laminates. This is consistent with experimental results.

The use of couple stress (Cosserat Theory) finite elements for modeling the influence of
material inhomogeneities on fracture performance was also investigated by Cairnes [29].
Results indicate that the stress singularities at the notch tip are relieved by couple
stresses. Good correlation with experimental strength results were achieved with strain
energy release rate based failure criteria.
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A promising analytical method of accounting for the non-classical material response
(especially in analysis of configured structure) is the strain softening law [15]. Such an
approach has several attractive features. It is a generalized continuum approach, and is
therefore compatible with the complex finite element models required to properly
approximate structural configurations. The approach also captures the load redistribution
caused by local damage formation and growth, which is essential to predicting structural
damage tolerance.

In practice, a strain softening law is incorporated into the finite element analysis as a
nonlinear material response, as illustrated in Figure 5-14. The analysis becomes a
structural collapse problem, as the damage grows and the load redistributes toward the
edge of the coupon (or structure) until insufficient material exists to sustain the applied
load, as illustrated in Figure 5-15.

(o)

Figure 5-14. Material Strain Softening Laws.

Figure 5-15. Modeling of Structural Collapse Due to Damage Growth.

Strain softening laws are currently determined through a process of trial and error until
predictions match coupon test results for a range of notch lengths. The laws have been
found to be unique to each material and layup. Material laws with relatively high
maximum stresses but low total fracture energy were required to predict high strength,
low toughness response as illustrated in Figure 5-16. These laws also captured the
relatively small notch-tip damage zones and small specimen size effects. Conversely,
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laws with low maximum stresses but high total fracture energies were necessary to
capture low strength, high toughness behavior. They also predicted the large notch-tip
damage zones and the significant specimen size effects observed in the tests.

Hard, Brittle

Residual Strength

Notch Length

Figure 5-16. Effect of Strain Softening Material Law on Notch
Sensitivity.

Determination of material strain softening laws through trial and error requires a
relatively large number of tests, and is computationally intensive. An approach for
determining strain softening laws directly from test results via energy methods has been
proposed by Basham [30]. The method requires measurement of crack opening
displacements (COD) for two specimens of identical geometry and differing notch
lengths. Attempts to accomplish this with center-notch specimen configurations were
unsuccessful. Two specimens each of two notch lengths were tested. The resulting
strain softening laws for the four specimen combinations are shown in Figure 5-17 along
with an average response. The scatter is unacceptably large, and is likely a result of the
small differences in compliance of coupons with differing notch lengths relative to
experimental error.

Average

€

Figure 5-17. Strain Softening Laws Determined from Center-Notch
Specimens Using the Energy Method of Basham.
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Development of improved specimen geometries is being pursued outside the ACT
program (e.g., University of British Columbia). In particular the over-height compact
tension specimen, shown in Figure 5-18, is being evaluated. The greater dependence of
coupon compliance on notch length should resolve the problems associated with the
center-notch specimens. Test measurements and destructive evaluations are being
conducted to provide further insights into the damage growth mechanisms. One
unresolved issue with this specimen configuration is the effect of the bending stress
distribution on the strain-softening law.

\J
P

Figure 5-18. Over-Height Compact Tension Specimen for Strain
Softening Law Determination.

Compression Strength and Notch Sensitivity

Notched compression tests were performed only on materials of interest for the keel and
side panels. Notched compression strengths of T300/F584 sandwich panels with
through-penetrations were measured to be only 75 to 80% of those with machined
notches of the same size (as the impact blade). A significant amount of delamination
which accompanied the blade impact may have contributed to the reduced strengths by
promoting a local instability driven failure. No compression tests were performed on
AS4/8552 sandwich panels with through-penetrations.

Notched compression strengths were significantly lower than tension strengths as shown
in Figure 5-19 [15]. The influence of layup was similar to that for tension, although less

pronounced.
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The strongest effect on notched compression strength was that of thickness as shown in
Figure 5-20 [15]. The notched strengths of a wide range of materials, layups, core
materials, and construction with total laminate/facesheet thicknesses between 0.11" and
0.20" are within approximately +10% of an average curve. The strengths of sandwich
panels with total facesheet thicknesses of 0.44" were approximately 25% higher than
those of the thinner laminates. This insensitivity to material and layup variables and the
strong sensitivity to thickness suggest that local instability may induce failure.
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Figure 5-20. Thickness Effects on Notched Compression Strength.

5-15




Finite width effects did not differ significantly from those predicted by isotropic
correction factors as shown in Figure 5-21 [15]. This suggests that large damage zones
and the accompanying strain softening material response are not present prior to coupon
failure, which is consistent with experimental observations.
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Figure 5-21. Successful Correction for Finite Width Effects in
Compression with Linear-Elastic Correction Factor.

The use of strain softening laws for modeling notched compression response was also
investigated [15]. In compression, it was found that lower maximum stresses (relative to
tension), steep unloading curves, and relatively large element sizes were necessary to
predict the reduced notch-length sensitivities while avoiding large finite width effects, as
shown in Figure 5-22. The less-severe and broader notch-tip stress concentrations
associated with these larger element sizes are consistent with the stress distributions
predicted by non-local material theories [31].
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Figure 5-22. Strain Softening Law and Critical Element Size Required
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5.1.3 Bearing/Bypass

Bearing/bypass properties of candidate fuselage skin materials were investigated in
support of panel splice joint design and analysis.

AS4/938 and Intraply Hybrids

The bearing/bypass properties of fiber placed AS4/938 and of several fiber placed
intraply hybrids of AS4/938 and S-2/938 were characterized. Filled hole tension,
bearing, and tension bearing/bypass interaction tests were performed. The effects of
specimen geometry and countersink were considered. Bearing tests were performed with
reduced clamp-up equivalent to 40% of normal installation torque to simulate stress
relaxation which typically occurs in service. Tension bearing/bypass interaction tests
were performed to verify the ability of Boeing's BEARBY analysis code to predict the
strength of the material under combined bearing and bypass loads. BEARBY predicts
bearing/bypass failure via application of a point stress criterion at a characteristic
dimension away from the hole. Characteristic dimensions are determined semi-
empirically from unnotched and open- or filled-hole data. The Bolted Joint Stress Field
Model developed by McDonnell Douglas [32] is used to determine the stress field around
the hole. Detailed test methods and results are described in Appendix C. A summary of
the results follows.

A strong correlation between filled-hole tension strain at failure and linear-elastic stress
concentration factor was observed for the fiber placed AS4/938 material (Figure 5-23).
Bearing strength was found to be independent of layup. The influence of reduced edge
margin on filled hole tension strength and reduced end margin on bearing strength were
consistent with existing correction factors for tape laminates. Countersinking resulted in
small filled hole tension strength reductions (< 3%) and significant reductions in bearing
strength (up to 13%). These results are also consistent with the behavior of tape
laminates. Results of tension bearing/bypass interaction tests were consistent with
predictions of the BEARBY code as shown in Figure 5-24.
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Figure 5-23. Filled-Hole Tension Strain at Failure of Fiber Placed
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Figure 5-24. Prediction of Bearing/Bypass Interaction with the

BEARBY Analysis Code.

The filled-hole tension strength of intraply hybrid laminates was found to be dependent
on the location of the hole with respect to the hybridizing glass tows. Laminates in
which a high percentage of glass tows were employed in the loading direction only were
strongly affected by hole location. Intraply hybrids with a smaller percentage of glass
tows distributed through all plies were less sensitive to hole location. The filled-hole
tension strengths of laminates with glass tows distributed through all plies were
comparable to those of AS4/938 laminates. The bearing strengths of intraply hybrid
laminates were less dependent on fastener hole location.
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laminates with glass tows in all plies were comparable to those for AS4/938 laminates
and were distinctly higher than those of laminates with glass only in the axial plies.

AS4/8552

The bearing/bypass properties of fiber placed AS4/8552 laminates with and without
fabric surface plies were also characterized. Open- and filled-hole tension and open-hole
compression tests were performed on a variety of laminates. Bearing and transverse-
bearing/compression-bypass interaction tests were performed with reduced clamp-up
equivalent to 40% of the normal installation torque. Tension bearing/bypass interaction
tests were performed with full clamp-up. The performance of a single-lap bolted joint
with a thick spacer was investigated. The influence of absorbed moisture and extreme
temperatures were evaluated. A detailed description of test methods and results is
presented in Appendix D. A summary of the results follows.

Good correlation was observed between bypass strain-at-failure and orthotropic stress
concentration factor for open- and filled-hole tension and open-hole compression as
shown in Figures 5-25 and 5-26. Tension bypass strengths were slightly superior to
those obtained with the AS4/938 material. Little difference was observed between
results of open- and filled-hole tension tests. Comparable open-hole tension and
compression strengths were observed in laminates with and without fabric surface plies.
Hot/wet conditions resulted in a 5% reduction in open-hole tension strength and a 20%
reduction in open-hole compression strength.
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Figure 5-25. Open- and Filled-Hole Tension Strain at Failure of
AS4/8552.
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Figure 5-26. Open-Hole Compression Strain at Failure of AS4/8552.

Bearing strengths were insensitive to layup and were comparable to those obtained with
the AS4/938 material. A 10% reduction in ultimate bearing strength and a 16%
reduction in the proportional limit load (2% offset) were observed for hot/wet conditions.

Predictions of tension bearing/bypass strength using the BEARBY analysis code were
slightly conservative. Significantly conservative predictions of transverse-
bearing/compression-bypass strength (Figure 5-27) were likely a result of the use of
open-hole (instead of filled-hole) compression strength values for generation of bypass
failure criteria.
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Figure 5-27. Prediction of Transverse-Bearing/Compression-Bypass
Interaction with the BEARBY Analysis Code.

The use of thick spacers between fastened laminates caused reduced joint stiffness, a
reduction in the proportional limit load, and an increased ultimate strength as a result of
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increased fastener bending and additional bearing load carrying capability provided by
the spacer.

Thick Laminates

The bearing/bypass properties of thick (52 ply) AS4/8553-40 laminates were
characterized in support of design and analysis of the forward keel circumferential panel
splice joint [33]. Open-hole compression, bearing, and fastener shear-out tests were
performed. The effects of fastener diameter, coupon geometry and fastener clamp-up
were considered. A small diameter bolt and aluminum splice plates were used to provide
clamp-up without impeding hole deformation in bypass tests.

Hole diameter, edge margin and clamp-up were all found to influence bypass strength.
The influence of fastener clamp-up was greater for coupons with small edge margins.
Fastener clamp-up was observed to promote net-section compression failures as opposed
to the shear failures observed in some coupons without clamp-up.

The bearing response in clamped conditions was similar to that for unclamped conditions
except that a higher proportional limit load was achieved. Net-section tension failures
preempted large hole deformations in bearing coupons with clamp-up. Results of
fastener shear-out tests were similar to those for bearing with shear failures occurring
prior to large hole deformations because of the reduced end margin.

5.2 Sandwich Core Materials

Sandwich core materials of interest for use in fuselage applications include Hexcel's HRP
and Du Pont's Korex honeycombs. Other types of honeycomb, foam-filled honeycombs
and foams were also considered as discussed in Sections 3.0 and 4.0. Little effort was
expended in characterizing the mechanical properties of candidate core materials. The
property of greatest interest is the through-thickness shear stiffness which is generally
available from the supplier. The influence of temperature and absorbed moisture on the
performance of the core materials is also of interest but was determined to be beyond the
scope of the current program.

5.3 Sandwich Core Close-Outs

The primary design requirements of sandwich core close-outs are to react fastener clamp-
up loads and to protect the core from fluid ingress. Ramped core close-outs may
influence the load carrying capability of the skin by imposing an eccentric load path.
The bearing capability of the skin may be degraded by increased fastener bending in full-
depth close-outs. Additional bearing/bypass capability may be provided by the close-out
itself.
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5.3.1 Longitudinal Panel Splices

The static and fatigue bearing performance of AS4/8552 sandwich panels with
braided/resin transfer molded core close-outs illustrated in Figure 4-16 were
characterized [see Appendix E]. Fasteners were installed with 40% of normal installation
torque to simulate stress relaxation in service. Static and fatigue bearing strengths were
on the order of 60 to 75% of comparable AS4/8552 laminates. Reduced bearing
strengths were likely a result of fastener bending and brooming of the unsupported
interior surfaces of the close-out. Bearing failure modes included significant hole
elongation and brooming of the unsupported side of the close-out for both static and
fatigue loading. Hole elongation progressed rapidly under fatigue loading after 2-3%
elongation was achieved.

5.3.2 Circumferential Panel Splices

The primary concern with the circumferential panel splice core close-out design concepts
is the strength of the facesheet and bondline in the region of chamfered core. Tension
and compression tests were performed on representative test coupons illustrated in Figure
4-23. Coupons with solid laminate extending through the chamfered region were also
tested. It should be noted that the coupons with solid laminate in the chamfered region
exhibited significant out-of-plane facesheet distortion which was caused by mismatch of
the core and close-out thickness. Greater variation observed in mechanical test results
may have been a result of these anomalies. Detailed test methods and results are
described in Appendix E. A summary of results follows.

Initial failures under tensile loading were non-catastrophic disbonds between the
facesheet and close-out which resulted in greater joint compliance. Ultimate failure of
the facesheets occurred in the radii at the ends of the chamfered region. Interlaminar
shear failures between continuous and discontinuous ply packs in the solid laminate plug
which extended into the chamfered region in some coupons may have precipitated
facesheet failure by causing unequal loading and increased local bending strains. The
initial failure stress and ultimate failure strength of the coupons with solid laminate in the
chamfered region were 69% and 32% higher than the coupons with honeycomb in the
chamfered region. The higher strengths are attributed to lower facesheet stresses in the
chamfered area which are a result of load sharing with the solid laminate plug.

Disbond of the facesheet and core resulted in catastrophic failure under compression
loading. The compression strength of coupons with solid laminate in the chamfered
region were 27% greater than those with honeycomb.

5.3.3 Window Cutouts

Fastener clamp-up tests were performed on representative window belt panels with
braided/RTM'd window cutout core close-outs (illustrated in Figure 4-25) under Task 20
of the task order contract NAS1-18954 [20]. An instrumented torque wrench, LVDT
displacement indicator, and strain gaged washers were used to monitor the response of
the panel and fastener during the tests. Initial clamp-up tests with reduced-head 1/4"
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HiLock fasteners resulted in failure at normal torque levels when the tapered fastener
head was pulled through the countersunk facesheet. Improved pull-through strengths
were observed for fasteners with larger heads. The window panel exhibited adequate
resistance to fastener pull-through for 1/4" and 3/16" HiLock fasteners with full size
heads and for 1/4" Eddie bolts. Additional testing indicated that the pull-through
strength could be improved by increasing facesheet thickness and by using a heavier core
material if necessary.

5.4 Braided Textile Elements

The performance of braided textile composites were investigated analytically and
experimentally. Efforts were focused on the baseline material selected for fuselage
circumferential frames (2-D triaxial AS4/RSL 1895). A variety of other 2-D and 3-D
fiber architectures and matrix resins were included. Resin transfer molding of dry
preforms and consolidation of commingled carbon/thermoplastic preforms were
employed for test panel fabrication. It should be noted that many of the test panels
manufactured early in the program were of poor quality with respect to braid angle and
porosity. Additional characterization of braided/RTM'd composite materials including
the AS4/PR-500 of interest for fuselage circumferential frames were performed by
Lockheed under their ACT contract [NAS1-18888].

5.4.1 Textile Composites Analysis Model (TECA)

The textile composites analysis (TECA) model was developed to predict the stiffness and
strength of 2-D and 3-D braided composites [21]. TECA is based on the concept of
representing internal fiber architecture with a series of repeating unit cells (Figure 5-28)
which are defined by the model from the braiding parameters. The stiffness matrix of the
unit cell is determined by volumetric averaging of the geometrically transformed
stiffness matrices of elemental tows. An elastic strain energy approach employing beam
elements to represent the bending behavior of an elemental tow is used to account for
stiffness reductions which are a result of the fiber distortion typical of braided
composites. Extensional and bending stiffness matrices of the braided structure are then
determined for use in shear-deformable plate analyses or shell analyses. Mechanical and
hygrothermal loads may be applied. Maximum stress or maximum strain failure criteria
are then applied such that progressive failure is predicted. Matrix cracking is accounted
for by adjustments to the elemental stiffnesses and local stress field.
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elemental component tow

Figure 5-28. Braided Fiber Architecture Unit Cell.

Values of tensile and compression moduli predicted by TECA were within 5% of
measured values for 2-D and 3-D AS4/PEEK. The model was also used by Masters, et.
al., to accurately predict the tensile strength and modulus of three 2-D triaxial AS4/RSL
1895 composites [34].

5.4.2 Stiffness and Strength

Tension, compression, and Iosipescu shear tests were performed to characterize the in-
plane stiffness and strength of braided textile composites [21]. Out-of-plane tension and
shear strengths were characterized with flange bending and Iosipescu tests, respectively.
The dependence of strain measurements on strain gage size relative to material unit cell
size was investigated. The influence of hot/wet conditions on compression performance
were determined.

The in-plane strength and moduli of 3-D braid architectures were significantly lower than
comparable 2-D architectures in most cases. A notable exception was the higher moduli
of the 3-D architecture in fully braided composites (i.e. no axial tows). The compression
moduli of AS4/PEEK were measured to be higher than the tension moduli. A 27%
reduction in compression strength was observed for a 2-D triaxial AS4/RSL 1895
composite in hot/wet conditions (30 day soak at 180°F/100% R.H).

Very high values of Poisson's ratio (up to unity) were observed in coupons with small
braid angles (< 35° with respect to loading direction). Coupons with braid angles > 63°
exhibited typical values for Poisson's ratio.

Strain measurements with gages of the same size as the braid architecture unit cells were
found to be sensitive to local effects. A preliminary recommendation for strain gage
length is a minimum of 1.5 times the unit cell length.

Results of in-plane and out-of-plane Iosipescu shear tests were deemed unreliable
because of the small size of the coupon used and the size of the strain gages relative to
the material unit cell.
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Out-of-plane tension strengths of the braided composites were significantly higher than
those of comparable laminated tape materials. Only a small difference was observed
between out-of-plane tension strengths of 2-D and 3-D braided/RTM'd materials.

5.4.3 Bearing/Bypass

Open- and filled-hole tension, open-hole compression, and bearing/bypass tests were
performed on braided textile composites of interest [21, Appendix C]. The filled-hole
tension strength of the triaxial AS4/RSL 1895 braided composite selected for use in
circumferential frames was comparable to that of AS4/938 tow laminates. Results of
open-hole tension tests suggest that 2-D braid architectures are more notch sensitive than
3-D architectures. Greater notch sensitivity was also observed in triaxial braids relative
to braids with no axial tows as a result of a greater stress concentration factor.

Bearing strengths of the braided composites were generally low relative to conventional
laminates. The bearing strength of the triaxial AS4/RSL 1895 was also found to be very
dependent on end margin, suggesting a propensity for shear-out. The bearing strengths
of fully braided composites were lower than those of triaxial braids due to the lack of
axial tows.

The effects of bearing stress on the tension bypass strength of the triaxial AS4/RSL 1895
were similar to those observed in conventional laminates. Tension bearing/bypass
strengths were accurately predicted with the BEARBY analysis code.

5.5 Bonded Joints

The fracture attributes of adhesively bonded joints representative of the crown skin-to-
stringer and skin-to-frame interface were investigated by Drexel University [35].
Double-cantilever-beam (DCB) and end-notch-flexure (ENF) tests were performed on
coupons constructed of precured AS4/938 and braided AS4/RSL 1895 adherends bonded
with Metalbond 1515 epoxy film adhesive. Tests were performed on coupons with
similar (e.g. AS4/938 to AS4/938) and dissimilar (e.g. AS4/938 to AS4/RSL 1895)
adherends. The fracture propagated from the adhesive bondline into one of the
composite plates in all cases. The fracture propagated into the AS4/938 plate in coupons
with dissimilar adherends in every case except for mode II (ENF) testing of coupons
where the adhesive layer was not at the mid plane of the coupon. A significant effect of
layup on fracture toughness was observed for both adherend materials. The highest
values of fracture toughness for the braided composite were observed in the axial
direction for mode I and in the transverse direction for mode II loading. The mode I
fracture toughnesses of the braided composite was significantly higher than those of the
tape laminate. The mode II fracture toughnesses of the two materials were comparable.

The fracture toughness of other materials (IM7/8552, IM7/8551-7, and T800H/3900-2)
which were of interest for fuselage skins were also characterized [35].

The viscoelastic properties of the Metalbond 1515 film adhesive were investigated by the
University of Washington [36]. Creep and stress relaxation were characterized as a
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function of temperature and absorbed moisture content. The principals of time-
temperature superposition were applied to estimate the long term viscoelastic behaviour
of the adhesive.
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6.0 DURABILITY

The durability of the structure under service conditions may have a significant influence
on operating costs through maintenance requirements. Although composite structures
exhibit excellent fatigue and corrosion resistance, they have historically been susceptible
to foreign object impact damage. Absorption of water and other fluids typically degrade
the performance of polymer matrix composites, particularly at elevated temperatures.
Some composite sandwich structures have also been susceptible to bulk fluid ingress,
resulting in weight gain and damage to the structure by the expansion of freezing water.

The impact damage resistance and post-impact load carrying capability of stiffened skin
and sandwich structures were investigated. The effects of absorbed fluids on structural
performance and the resistance of sandwich structures to fluid ingress were also studied.

6.1 Impact Damage Resistance and Tolerance

Traditional design objectives regarding impact damage resistance of composite struc