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INVESTIGATION OF AN E flVETAL SUPERSONIC


AXIAL-FLOW COMPRESSOR 

By John B. Erwin, Linwood. C. Wright,

and Arthur Kantrowitz 

SUNMABY 

As a part of an inveptigation.that-irl being conducted to 
explore the possibilities of axial-flow compressors operating 
with supersonic velocities relative to the blading, a preliminary 
experimental investigation has been-made of a supersonic compressor 
designed to produce a high pressure ratio in a single stage. 

The compressor was. designed for a pressure ratio of 2.9 on the 
basis of the theory of a supersonic flow entering a cascade and the 
diffusion efficiencies obtained-experimentally  in 1-inch-jet tests 
of static models. No significant departures from the theory of 
the entrance flow into a supersonic cascade were found, but the 
efficiency of diffusion in the rotor was found to be considerably 
lower than that obtained in the 1-inch-jet experiments. A complete 
explanation of this, discrepancy has not yet been obtained, but the 
numerous structural Inaccuracies of this rotor contributed signifi-
cantly to this effect, as was shown by a few preliminary tests of 
an accurately constructed rotor. 

FreOn-12 was used as the testing medium to reduce structural 
problems. The mass flow measured for the 16-inch-diameter rotor, 
about 28.5 pounds per second when converted to sea-level air, agreed 
with theoretical expectations. Flow conditions leaving the rotor 
were obtained by surveys. Apreèsure ratio of about 1.8 with 
83 percent rotor efficiency was measured. If a 90-percent dynamic-
pressure recovery in the stators were assumed, this efficiency 
would be reduced about 3 percent. 

The supersonic compressor-shows promise of being more compact 
by a factor of about I. than any comparable machine performing the 
same operation. Inasmuch as the experimental machine must be 
regarded as very primitive and many opportunities I o± .±niportant 
improvements exist, supersonic conlpreeaors.are considered to have 
great promise, especially for the design of high-performance 
turbojets.
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INTRODUCTION 

An investigation is in progress at the Langley Laboratory of 
the NACA to explore the possibilities of axial-flow compressors 
operating with supersonic 'velocities• relative to the blade rows! 
The first phase of this investigation, a study of supersonic 
diffusers, has been reported in reference 1. The second phase, 
an analysis of supersonic compressor :s, has been reported in 
reference 2. Preliminary calculations have shown that very high 
pressure ratios across a: stage, together with somewhat increased 
mass flows, are possible with compressors which decelerate air 
through the speed of sound in their rotor blading, These performance 
characteristics are desirable in compressors for aircraft jet 
propulsion units, gas turbines, or superchargers. The third phase, 
presented herein, is a preliminary experimental investi-gation 
of a supersonic compressordesicned to produce a high pressure 
ratio in a single stage. 

It iscornonly supposed that flow at speeds h.gher than the 
speed of sound hetessar i.ly involves large energy losses. The 
first t*o phases of this investigation, which have been reported 
in references 1 and 2 3 were primarily: concerned with the magnitude 
of these..losses. It has been demonstrated theoretically. (reference 2) 
that the waves which are primarily responsible for the high drag of 
isolated bodies at supersonic speeds; can be entirely eliminated in 
the case of a cascade.: It'is important that any normal shock existing 
be everywhere confined by the blading. Theoretical results indicated 
that, in cases where the normal shock is not confined, large losses 
due to a wave system extending far from the cascade can result. The 
other source of iare losses Is that accom"nying the confIneL normal 
shock which decelerates air through the speed of sound. In order 
to study the magnitude of these losses, the preliminary investigation 
of supersonic diffusers was undertaken. It was found possible to 
design. supersonic diffusers to decelerate air from Mach nunbers up 
to 2 through the speed of sound with efficiencies comparable with 
those obtained with good subsonic diffusers. These two preliminary 
investigations have indicated no cause for the efficiency of super-
sonic compressors to be necessarily low. Because of these encouraging 
results j tests were made of an experimental supersonic compressor at 
the Langley Labox'atory of the.NACA. 

The general object of this investigation was to verify the 
performance indicated for such compressors by sim plified. theory. 
In particular, it was desired to determine several indicated 
characteristics of operation: (1) whether reasonable efficiencies 
could be obtained with a compressor operating, with a normal shock 
confined within the rotor passages, (2) whether the very high
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pressure rises predicted could be obtained, and. (3) whether the 
simplified, theory of the supersonic entrance 'region was valid. 

Of the many possibilities for supersonic compressors, three 
elementary single-stage designs, all having subsonic axial velocities, 
were discussed in reference 2. For preliminary experiments, a 
single-stage compressor similar to design 2 of reference 2 and 
having an entering Mach number of 1.6 relative to the blades and. 
deceleration of the flow velocities through the speed of sound in 
the rotor blades was selected. This type of compressor offered, 
'with a minimum of development., a significant increase in the pressure 
rise available 'from a single stage. 

In order to develop blade profiles, two- and three-dimensional 
models of a single passage were studied In a 1-Inch Jot. Pressure-
distribution methods and schlioren methods were employed. The 
performance of these static models was used. as a basis for alteration 
of the compressor tested.. 

In order to reduce structural and power requirements, the 
compressor was tested in Freon-12 at low rossuro. Performance 
measurements were taken at several tip speeds ranging from 70 to 
160 percent of the initial speed, of sound. 

SYMBOLS 

a	 velocity of sound, 'feet per second 

A	 area, square feet 

Adisk area of rotor disk, square foot 

ER	 expansion ratio (A4/12) (fig. 6) 

CR	 contraction ratio (A2/A3) (rig. 6) 
G 

Ca	 mass-flow coefficient (-
\PcracrAdlek 

Bpeclfic.heat at constant pressure, foot pounds per slug 
per OF 

acceleration duo to gravity,- 32,2 feet per second.2 

M	 Mach number, ratio of flow velocity to the velocity of 
sound (V/a) 

Mc	 compressor Mach numbr (Ut/a0)
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rt 

mass flow( 	 pV cos e r dr,) 
 •1. 

differential mass flow (2itpV cos 9 r dr) 

rotational speed.of rotor, revolutions per minute 

total pressure, atmospheres	 .	 . . 

static pressure, atmospheres 

radius, feet	 .,	 .	 .	 . . 

gas constant, foot , pounds per slug per OF 

gas constant for mixture of Freon-12 and air, foot pounds 
per slug per,°F	 .	 . .. 

temperature, 0F absolute 

thermocouple stagnation temperature rise 

adiabatic stagnation temperature rise 

TO\T	 To 

/ tAT? 
AT 	 rh 

wt 

U	 rotational velocity 'of blad6 element at any radius, feet 
per second (fig. 2)	 . 

V	 velocity of fluid, stationary coordinates, feet per second 
(fig. .2)  

Vi	 velocity of fluid relative to rotor, feet per second (fig. 2) 

angle between axial direction and entering-flow direction 
in rotor coordinates, degrees, (fig.). 

turning angle, rotor oordinates, degrees (fig. 2)

14 

G 

dG 

N 

P. 

p 

r 

R 

Ftm 

T 

AT 

AT'
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Tir	 rotor efficiency, evaluated, from survey over rotor blade 
annulus

prt 

/	 (J	 cT'dG5 
• 	

0	 •.	 . rh	 0 

	

•	 :	
•	 rt	 • rt 

irh U
5V5 	 •d.G5 ,

h
 Ulyltan 0 

7	 ratio of specific heats . 	 . .• .	
0 

o	 án'gle between flow direction and. axial direction In 

	

•	 stat.onary.coordinates, degrees (fig. 2) •	
0 

P	 density, 'slugs per cubic foot 

a	 solidity	 lade chord	 0 

0	

\Blade spacing/	 0	 •• , -
	 •: 

Subscripts 

a	 axial direction	 .:	 •0 

o, 

av	 avèragé  

cr	 critical condition (velocity of soiid. when M = 1) 

h	 root diameter 

p •	 itch diameter  

t	 tip diameter 

tan	 tangential direction 	
,	 0 00	 0 •0 0,• 0 

stagnation 
0	

0	
, 	 0 

o	 initial stagnation conditions 

1	 rotor entrance, stationary coordinates 

2	 rotor entranôe, rotor coorixiates, or l-irich'-jet' . iodel entrance 

3	 blade minimum area, rotor coordinates 

	

Ii. ..	 rotor, exit, rotor coordinates, .r'l- . inchjet-model exit 

5' . 	 rotor xit, stationary coordinates
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average . value weighted on basis of 'mass flow 

GENERAL AERODYNAMIC DESIGN 

Although the ôornpreaéór. used for the present study was 
intended priarily for experimental purposes, it was thought 
desirable in selecting thedesiguóonditionsto Choose. . values 
that would permit the development of a machine having practical 
applications with a minimum of effort in the event that the results 
warrant such a development. A small highprfonnnce. compressor 
was therefore designed from the following specifications: 

(1) The highest rotational; velocity, currently being used for 
aircraft gas turbines, 1600 feet per'second at the tip diameter, 
was adopted for aerodynamic desi:.purposes (compressor Mach number 
Mc	 1i43).	 .	 . 

(2) An axial Mach number of about 0.80 entering the rotor at 
the pitch diameter was selected. This value permitted. 'the iie of 
guide vanes, without local supersonic velocities. The mass flow at 
M 0.80 is, only about 3.7 percent below the maximum that wou1d' 
occur with sonic velocity. 

(3) Guide vanes were used to aid in the establishment of 
equilibrium conditions as mentioned:. - siibsequbnt1y;; fthé..tuming 
angles selected were only a few degrees from the axial direction. 
This arrangement reduced the mass flow only slightly, about 
1 percent below that which would be obtained with axial flow. 

(4) The deceleration and turning in the rotor blading were 
limited by the subsonic stator critical-speed 'cohsid.e'atiôns. 
These halting values were accepted as the basis of the rotor 
blade design.	 '.. :.	 '	 .'.;; . '• •.• 

(5) A value of rh/rt of 0.75 was selected.. 

The first three conditions determined the Mach ., titib ' ' M= 1.6," 
relative to the rotating blades at the pitch diameter, and the 
stagger angle, 0 = 60	 The fith'condltion'Iare1yd.etenod' 
the desigu mass flow of about 30 pound.s. per 3ccon&,.fo,r the 16-inch- 
diamé	 ' ter: rotor, with stationary sea-level 'atmosjheic on 

During the period of the design ofthle comprossor, th& 
establishment of. certain flowconditions was :held to be conducive 
to the best efficiency. Some of these considerations are now 
viewed as refinements that might be applied to highly developed. 
supersonic compressors and were abandoned in the present machine 
in the efforts to reduce separation. Extrance flow into the rotor 

iJrrii 11 f(r1rFf. 
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was so. regulated that the pressure rise experienced through the 
normal shock would be equal to that required for equilibrium after 
a theoretical normal shock at: all diaeters.' This condition 
resulted in almost .constant.value's'of Mach number and total pressure 
entering, the rotor at all' diameters. Because of the thin blading 
used in this'deeign,r it was decid.ed.for' structural reasons to make 
the spanwise blade elements radial. — This consideration determined 
the twist of the blad.ing. .... . 

In reference 2, it was shown th.t for a two-dimensional" 
supersonic cascade the flow enters parallel to the entrance 
region of the cascade. For a three-dimensional cascade', however, 
it is possible to have compression waves' originating at the. tip 
neutralized * expansion waves from the' root, or vice versa. It 
was decided to avoid these three-dimensional extended wave 
patterns in these preliminary experiment by producing flow 
parallel to the entrance region of the blades at the, root, pitch, 
and tip. The design of the guide vanes and the curved entrance 
passage, as shown in figure 1, were determined, by these considera-
tions. An attempt was made to regulate the flow from the rotor so 
that the total pressureo entering the stator root, pitch, and tip 
would not vary too widely. This requirement necessitated an outward 
curvature of the rotor passages; (See fig. 1.) 

Preliminary velocity diagrams (fig. 2(a)) were developed on 
the basis"of these considerations. These velocity diagrams were 
chosen from an analysis of possible designs on the. basis of the 
performance of compressor blade models in rough preliminary 1-inch- 
jet tests. (Velocity diagrams obtained from a second series of 
1-inch-jet tests and from tests of the compressor. are.. shown in 
figs. 2(b), 2(c), and 2(d) for comparison.) 

EXPERIMENTAL ROTOR -BLADE DELOPMENT 

General Considerations 

The comprsso was d.eie rj, on thesis of rough preliminary' 
tests in the 1-inch jet and was first testeddth the outward 
curvature of the rotor shroud. The preliminary tests in the 1-inch 
jet were later found to be invalid and', ' thereforé, the results are 
not presented. A very low pressure rise and efficiency were obtained 
in the. first compressor tests due to a region of separation covering 
the . outer half of the 'discharge annulus. It' became obvious that 
improvements in the shape of the rotor-blade passages would be 
necessary to' obtain acceptable performance. A second group of tests 
of a series of models was mad.e'in ax ' ttempt to develOp satisfactory 
passages for the supe'sonic compresthr rotor.
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As in subsonic,compressor investigations, itis convenient to 
study supersonic compressor 'blañg.with.stat1c models which .can.be 
made and tested. easily. Models to orovide pressure-distribution data 
and. models to study flow conditions by the, schileren method. were 
tested in the 1-inch jet (fig. 3).. These tests were intended as a 
study of the supersonic operating condition only. An extended 
cascade would be required. to. set up the complex wave patterns which 
would occur in the transonic region. (See fig. 4 of reference 2.) 
For this reason, all 1-inch-jet 'tests were made at the design Mach 
number relative to the blades of about 1.60. 

In order that valid results be obtained from stationary model 
studies, test conditions must be similar 'to conditions of compressor 
operation. In reference 2,, it was shOwn that for the case of the 
straight entrance region and ubson1c ax-ial velocity, no waves 
move upstream of the rotating-cascade In the steady state . For this 
condition, then, adjacent passages betwen the blades have no 
influence on each oiher and. in order to simulate the flow in the 
blading of a supersonic comp'essor, it is necessary to simulate 
only a single passe. llowever, difficulties in'the determination 
of the tt epili" point (see following section) may lead to the use of 
several-passages in this.type of testing. 	 . 

According to the theory of reference 2, for a straight entrance 
region, the flow enters the. cascade parallel to the rearward side 
of the blade at the leading edge. It would be expected that the 
presuro at tiii pDint would be the same as the pressure upstream 
from the casad.: In the tests described, subsequently, the angle 
of the rodol was adjusted to produce this condition. 

It is, of course, impossible in a stationary experiment to 
simulate the boundary-layer conditions entering the blad.ing of a 
rotating machine. It would be expected that, in a compressor of 
the type considered in the present study, the boundary layer on 
the Inner and outer casings at the entrance to the rotor would be 
very thin. For these first tests, therefore, an'attempt was made 
to make the boundary layer entering the passage as thin as possible. 
The pressure-distribution models were made to start without 'any 
initial boundary layer and the schileren models were mad.eto have 
as little boundary layer as possible on the glass sides and no 
Initial boundary layer on,the blade surfaces. 

Pressure -Distribution 'Teste	 .. . . 

Methods and parameters.- A second. series Of three-dimensional 
models were studied in the 1-inch-jet to develop blad.ing to be. 
used as a basis for altering the blades of the compressor being 

Ti t '
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investigated. The operation of the rotor blades, as required. by the 
compressor design, was to diffuse the flow from the entering Mach 
number, M = 1.6, andstagger angle, 	 = 600, to an exit Mach 
number of about N = 0.60 while turning the 'flow about 8.80 . The 
models represented the profile of the rotor blades at the pitch 
diameter. A typical model is shown in figure 4. 

An exploded view of the 1-inch-jet-test setup is shown in 
figure 3 . The pressure at the exit of the model was controlled 
by the gate valve. A total-pressure survey was 'made of the model 
exit by use of a rake of three tubes. The survey apparatus was 
crude as 'it was intended only to give rough comparisons. Both 
sides and the top and bottom of the 'models were equipped with 
static-pressure tubes. 

•	 Since the flow entering the model is supersonic, .no effect 
due to throttling would. :b& observed outside the model until the 

• back pressure had been increased sufficienly,to forôe the shock 
outside the model passage. hiscoiditión'of back pressure, 
termed the "spill' point, was assumed to be the ecuivalnt of 
'stall in the rotat1ng'rnachine in the supbxsonic'opeD'atingrange. 

• 'This pi11 point was •indicatq.d . hy a change 'in the pressure measured 
by a total -,pressuretube located outside the passae, as shown in 
figure 14. A typical plot of the difference between the settling- 
chamber total pressure and the spill-tt.be' total pressure against 
throttle setting is shown in f 1ure 5 The location of the spill 
point is shown in thi figure Pressure distributions and surveys 
yeze taken as near s possible to the spill point \Tlthout actually 
reaching it, as this ot would be expected. to be the condition 
o nan.inum shock lose and most efficient operation The super- 
sonic dsign cOndition is reached just before throttling produces 
spill in the model or stall in the compressor. 

The total'prôssure recovered and the exit Mach number were 
• used to evaluate the performance of the mode.. The pressure 

•	 recovery was found by actual total -ressure measurements and was also 
calculated from the expansion ratio E, the static-pressure 

measurements, p2 and p,, the entering pressure ratio 

.': and the original stagntion conditions, by the forinula 

f . (T2\/T2	
Cp 

•i++i (122	 4).... V1	 iI -	 p	 T / \T2 iJ 
0 

P	
P4

VICONFIDENTIAL •	 •	 .
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which is derived in appendix A. It can be shown that calculated 
total pressures are correct only when the total pressure is uniform 
over the entire exit area. If there is variation, the calculated 
value would always be low. On the other hand, It is, believed that 
the total-pressure surveys with the three-tube rake give too high 
an average since n total-pressure tubes were situated deep in the 
boundary layer. Thus, the actual total pressure lies between.the 
upper value given by the measured total pressure and the lower value 
given by the calculated total pressure. 

The pressure model for which results are presented was tested 
with two values of the contraction ratio of the supersonic flow 
region Cp and several values of-the expansion ratio of the 

subsonic region ER . Most of the expansion occurred as a restlt 

of the turning of the blades, which 'was constant at 8.80 for this 
series of tests. The expansion was varied by building up or reducing 
the upper surface of the model. (See fig. .) The expansion In the 
compressor blading was varied similarly, as will be discussed 
subsequently. A wedge was attached to the xea.rward side of the blade 
to increase the contraction ratio (fig. 6). The maximum thicimess 
of this wedge was 0.016 inch tapered to zoro at the trailing edge. 
A typical survey obtained in a test 

'
of amodol having a.contraction 

ratio C = 1.042 and an expansion ratio ER = 1.12 Is. presented. in 
figure 7(a). From the contours of total-pressure recovery (exit total 
pressure divided by chamber pressure),, it is evident that some 
separation occurred. With an Increase In expansion ratio to ... . 1.325 
(fig. 7(b)), the separated reglonincreased . in area and severity. 

Performance - The mssured values of total-pressure recovery and. 
exit Mach number are presented in figure 8 Because the separated 
region became larger as the expansion ratio was increased, a lower 
total pressure was recovered. Similarly, the effective expansion ratio 
was reduced by the separation when the actual expansion ratio was 
increased beyond a value of about 1.15', and a higher exit Mach number 
was obtained. With blades of the solidity used, a = 2 3, a minimum 
exit Mach number of 6.60 was obtained.. 

As in 'the ca.se of three-dlniensional supersonic diffusers, an 
increase incontraction ratio increases the shock efficiency and. 
consequently the total-pressure recovery.. The use of contraction ratios 
close ix) the maximum possible for the design Mach number appears 
also to be desirable structurally since it would lead to thicker 
blades. A possible.disad.vantage of this mathod of increasing 
efficiency, however, would be in an increase in starting Mach number 
(lowest Mach nunb at which supersonic flow will enter the passage) 
and. In diecontinuities of performance In the transonic range. 

'I.
N-KIMNTUAL
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The 1-inch-Jet tests indicated, the following tentative criterions 
for design of supersonic-compressor blades: 	 ,) the expansion ratio 
for a solidity of 2.3 could not be greater then about . 1.12 without 
separation - this rate of expansion is approximately equivalent to 
that of a 40 conical diffuser; (2) p.-contraction ratioof 1.092 ,as 
not excessive for a free-stream Mach number of 1.58 in air.' 

Schlieren Tests 

The general arrangement for taking schlieren photographs of :the 
flow through a typical model (fig. 9) was similar, to that usecl,in 
tests of the pressure-distribution model. The model passage was 
curved to represent the origi nal design pitch section The expansion 
ratio of this two-dimensional model was greater then that of the 
rotor passages which had a contracting annulus. In the final tests. 

Photographs of the flow through a model representing the original 
blading are reproduced In figure 10. Photograph (a) Indicates that 
supersonic flow exists throughout the entire passage. This condition 
would probably exist in the rotor when the exit pressure is low. 
Succeeding photographs illustrate the behavior of-the normal shock 
as the model (or the compressor) is throttled'. 

These photographs indicate that separation occurs In the 
model passage although much of the observed' separation occurs.In 
the corners between the model and the glass walls. Surveys made 
at the trailing edge of the three-dimensional pressure models 
indicated similar separation in the models of the same expansion 
ratio. As previOusly mentioned, the separation was reduced and 
total-pressure rqovery increased when smaller expansion ratios and 
larger contraction ratios were employed. 

It may be well to explain some of the extraneous effects 
appe,aring in the photographs. As the model was so adjusted that 
the rearward surface of the leading edge was parallel to the 
entering flow, the entrance wave should be of low intensity and 
should appear as a single line if the flow is truly two dimensional. 
In the photographs, the disturbance from' the .leading edge appears 
as a wave of considerable width. This effect may be due to a 
lower velocity of flow along the walls than In the main stream. 
Some oil is deposited on the glass walls, both inside and. out, 
during the course 

'
of . a run. This deposit is evident In figure 10, 

photograph'(h), in which some of the lines can he recognized as 
oil traces. Mach lines ahead of the model are caused by.slight 
irregularities in the no1e surfaces or are expans16: or con-
traction waves resulting from Inequalities between the no7zle 
exit pressure and atmospheric-prssure. As chamber pressures
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(total pressures entering nozzle ,) were automatically controlled to 
maintain nozzle exit press"u'e within Q..5'percent'of atmospheric' 
pressure, these effects are 'thought to: be 'small. In 'general; 
however, the schileren photograph,.are believed to provide a 
qualitative method of studying: the nature of the shock formaiiOns. 

COMPRESSOR TEST APPARATUS AID METHODS 


Test ' Apparatus 

'A sectional view of the 'superon1c-coinpressor test setup is 
shown in figure 11 and a hotographof the setup appears in figure 12. 
Low-turbulence fluid of uniform properties was supplied the annular 
entrance from the large settling chamber. Three 100-mesh screens 
were used to reduce the turbulence and swirl. An area reduction 
of about 30:1 between the cylindrical settling screens and the 
annular entrance was used to provide uniform flow conditiois at 
the rotor. The diffuser section was lagged to prevent heat 
leakage between the room air and the test fluid before .the 
shielded diffuser-exit thermocouples were reached. Two water-
cooled radiators were used to remove the heat from the circulating 
fluid. The butterfly throttling valve located in the return.' 
section was used to control the exit pressure. 

The' rotor was driven by a standard ai'èraft tuxbosupercharer 
turbine operated with compressed a'ir, as shon'in figure 11. The 
quantity ofcompressed air available was sufficient for a running 
time of only about five minutes All data for a given point uere 
recorded in this time; The rotational speed was' determined:, from 
a calibrated electrical tachometer.	 •' 

In order to reduce structural difficulties and power 
requirements, the tests were run in Freon-12 at low pressure, 
usually 0.2 atmosphere.' Constant wbrking-fluidcomposjton was 
maintained by drawing out about 130 cubic feet of the gas per 
minute, purifying it, and pumping it back' into the system. The 
total volume of the system was about 125 cubic feet. Fluid 
samples were taken upstream of the settling chamber from the center 
of the passage. The velocity Of sound was measured before and 
after each run by a sound-velocity meter (reference 3). The 
composition (usually about '4 , percent air) was then' determined 
from a chart prepared from data in reference ''4.
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Methods 

Flow conditions ahead of the test rotor were determined from 
static pressure measurements taken at various points along the 
walls of the entrance cone.. The static pressure measured at two 
diametrically opposed points ' just behind the settling sceens was 
considered to be equivalent to the total pressure, as the velocity 
of flow was very low (M L, 0.026) at that station. Five 
thermocouples conmected. In series were equally spaced around the 
circumference of the. -downstream screen to measure the inlet 
stagnation temperature. The cold. junctions Of all thermocouples 
were placed In ice-water baths to proi.de the same cold-junction 
temperature at which they were calibrated. The thermocouple 
potential was read from a calibrated standard-cell potentiometer. 

During ax early test run, a survey was made of flow conditions 
behind the guide vanes. A cylindrical yaw tube carrying a total- 
pressure orifice was used. Measurements were taken every 
1/10 inch across the 2-inch annulus along one radial line End' 
points were taken near each wall. The results of this survey 
Indicated, that the desired turning 'in the entrance varies (see fig. 2) 
was produced with only a thin wall boundary.layer. The turning 
angles measured were used in calculations' of all runs made with 
guide vanes. The static pressure ahead of the rotor was measured 
at points on the inner and outer walls of the inlet . annulua. A 
linear variation of static pressure across the annulus was assumed. 

Flow coitIons behind the rotor were 'termined by means 
of a calibrated survey, instrument located approximately 1 inch 
behind . ,the..rotor (figs.' ii and 13.) arid from orifices Iocated.'in 
the walls of the exit annulus. The survey instrument consisted 
of a, 'iu1l" type .yawineter, a static-pressure tube, and a total-
pressure tube, shown In figure 14. In tests of the final configu-
ration, measurements were taken at 17 points along one radius (except 
where otherwise noted). Five shielded thermocouples connected 
in series were located at equal spaces around the mean diameter 
of the annular diffuser exit. The exit'staation temperature, or 
more usually, 'the stagnation temperature difference across the 
compressor, was obtained by measuring the voltage with a calibrated 
standard-cell potentiometer.. Inlet 'temperatures were controlled 
to values near room temperature to reduce heat transfer between 
the test fluid and room air. 

All pressure tubes, including a vacuum., reference tube, were 
connected to a mercury manometer. The manometer, tharmocouple 
millivoitmeters, tachometers, and clock were photographed to 
record the data. The yaw angle behind the rotor and thermocouple 
potontioiwter were read as each photograph was made. Data were 
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taken with the throttle at various positions at rotational speeds 
rahg'ing from 5,000 to. 12,000 rpm. 

Precision of Data 

The principal sourceB of erI"or were ±n 'the total.rcesure and 
static-pressure measurements taken in thI6 ,survey just behind the 
rotor. To less likely source. of error were In the static-
pressure measurements. ahead., of. the rotor and the angle measurement 
behind the ro'tor. : 'Sevorai `meih.od6 were vailablë'. ,or. exmining 
these errors. Of these, the 'most reliable 'ras a :cbmparison of the 
measured miss flows entering and: eaving the rtor. It was 
thought that the entrance mass-flow measurements were more 
reliable, and consequently the numerical values for the mass 
flow were based on the entrance flow. 

In the later test runs, which are presented herein, the 
maximum difference in the mass flows measured at the two stations 
was 5 percent, with the exception of the run made. at 11,500 rpm: 
when the mass flow leaving the rotor was indicated to be 8 percdnt 
greater than that entering the rotor. (Survey measurements were 
taken at only 12 points in this run.) The indicated mass flow 
leaving the rotor was usually found to be greater than that 
enteg the.rotor by an average of 2,1 percent. This difference 
is to be expected, since total-pressure tiibesin turbulent streams 
tend. to read high •whereas static orifices may read either low 
or high, but, in general, the quantity . flow measured tends to be 
too large (reference 5). A check run was made with a. standard 
A.S.M.E. flow-measuring nozzle In the return duct In place Of the 
throttle valve.- The mass flow measured through the entrance cone 
was found. to average somewhat lOwer than that through the nozzle. 
This result Indicates that ' part 'of the 2,1 percent average mass- 
flow'  error was due to the fact that the entrance reading wü . low. 

In 'order to evaluate the effects of possible error. on the 
efficiency and pressure ratio, a test run of average mass-flow 
error was recornpited. In fou d.ifferent ways. In the table which 
foliows each variable is alterea. iii -turn to the extent necessary 
to balance the,mas fl6w for the average run (average.,	 =21 per-




cent) if.no other variable i ' changed. Actually, the mass-flow 
discrepancy is most likely to be due' to a combination of the more 
probable errors..
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Increment . Effect on	 - 
Variable necessary Effect Effect on thermo-
investigated for mass-flow .

P2'n
rotor effi- coupl.eeffi-

• check (ay.) ciency,	 1r ciencr,	 Tlad 

P5
4 ,.5 percent No change 4.5 percent Negligible 

•	 P5 .4.1 porcnt .1.1 percent .4.1 percent •2 percent 

e5 1.5° No change -. 2O percent Negligible 

p1 -2.7 percent No change -.13 percent No change

During a few of the final runs, the stagnation temperature 
d.lfference across the compressor 'was measured with a potentiometer. 
From these values, compressor efficiencies based on the survey 
total pressure were obtained. These temperature-rise efficiencies 
T)'	 averaged about 1. 1'ercent .1ower than the efficiencies 
obtained from the survey measurements. but showed appreciable 
scatter and arb therefore not presented. 

• Construction of, Rotor	 ., • 

The fIrt rotor tested hafl no ,shroud_ areLwas constructed 
with Swedish spring steel blades. These . blades.were.giyén the 
desired curvature at the root' by means. of formed dural holding 
pieces inserted into slots in. the rim and were held in with shear 
pins extending through' the 'holding, pieces and the blades. (See 
fig. 15.). Centrifugal loads were to extend the curvature to the 
outer blade regions when the compressor was operated. However, 
these Swedish steel blades - having little internal damping and 
low vibrational 'frequencies failed after a very short running 
time as a result of vibrational stresses. - 

In order to eliminate these vibration difficulties, it was 
thought necessary to increase the natural frequencies by restraining 
the 'blades with a shroud 'attached to to the. tips.'. As a safeguard 
against difficultie" resulting from high-frequency vibration, 
annealed 18:8 chromin-nickel steel was used in making the blades 
and shroud'secti"bhs. The blade tips were inserted in curved slots 
in!' thd shroud and sllvër'soldored in place' (fig., 16).. Connecting 
the ohroud sections accurately,' however, proved very difficult and 
considerable 'a±iat'ion of blau.e angle and 'spacing resulted at the 
shioud. joints, ,In'addition, warping occurred during the silver-

.qoldering operations, both in repairs that subsequently were made, 

'	 '	 •' 
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as well as in the original assembly. A-maximum variation in ..he 
spacing of the blades of about 25 percent was measured at the 
tips where the dfsrepancies were . the largest. Because of the 
warpage in. .the shroud, all the blades buckled slightly so that: 
the pitch sections were straight instead of beIng curved. 8.8° as 
Intended. The angle between the blade chord line and the axis, 
the contraction ratio, the turning of the passage between the 
blades, and. the expansion ratio of the compressor blades varied 
from blade to blade. Only rough average values--of these important 
factors could be obtained, and only nominal values of the expanicn 
and contraction ratios are preeentedfor purposes of comparison. 
The important inaccuracies In the costrüction of: this rotor mean 
that the test results have only qualitative significance. The 
rotor has been rebladed.more accurately and is being tested. 

The supersonic àompréssor was first run in air at atmospheric 
pressure. to test the oeration of the mechanical design. It 
was found that the shroud moved downstream with a displacement 
increasing with the rotor speed. At 'a rotor speed of 11,000 rpm, 
which was about the maximum used. In Fredn-12, the shroud rnoved. about 
0.050 inch from Its static. position. Whether this di.splacement 
was accompanied by twisting of. the outer portion of the blades has 
not been determined, but the possibility does exist. The motion 
of the shroud, in addition to Its poor construction, mad.edif±'icult 
the sealing of the gap between stationary and-rotating parts. A 
strip overlapping the leading edge of the shroud was attached to 
the outer casing just ahead of the rotor. (See fig. 1.) At best, 
considerable leakage must have occurred through the gaps ahead of 
and behind the shroud. 

EESULTS OF C%TPESSOR TESTS 


Early Test Runs 

Aerodynamic data wer first taken of the èxpe'irnental auper- 
sonic compressor on May 24, 1945., The rotor was tested in Its 
original :condltion, with the outward. curvature Of the shroud. 
Very low .pressure rises and efficiencies were obtained. No 
performance discontinui ties were observed in accelerating the 
compressor to a Mach number of 1.5. A survey behind the rotor 
Indicated low 'total- pressure and high turning angle at the outer 
portion of the blades. Because of the separation at the tip, 
little diffusion ocOurred within the blade passages- and. high 
exit velocities resulted at the smaller diameters. The contraction 
ratio was 1.035. Results of tota1pressure and tiu'ning-angle surveys 
for runs 12 through 18, excluding run 15, are shown in fIgure 17. 

r fr 
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All these runs were made at a rotational speed of 10,000 rpm at 
maximum pressure rise. 

in run 12 (fig.' .17) ., -balsa was added- to the shroud und.eride 
so that the underside was 'cylindrical in shape and the expansion 
ratio was reduced to -	 =1.223. This first alteration led to 

increased, pressure ratio-as well as to better total-preasur 'd.istribu-
tion, although the flow-at the tip-was.still very badly separated. 
The previously observed- condition Of lower total essure at the tip 
than at the root was still'evident ... Also, the angle of flow at 
the tip indicated a large separated region. The efficiency obtained 
was about 50 percent, the -survey préasure ratio ' gas 1.52, but the 
mass-flow discrepancy was quite large. in run 13, the chamber 
pressure- was raised from the previously used 1 -/10 atmosphere to 
2/10 atmosphere in order o improve the purIty of Freon-12 and the 
precision of measurement. As shown In figure 17, values for run 13 
are little changed. from those for run . 12. The accuracy of the 
readings at higher pressures appeared, to be improved. 	 - 

The next 'important change was thickening the rotor blades - 
toward the trailing edges with balsa wood. on the blade sids to 
reduce- the expansion 'following the mirthnum section to - a value of 
ER = 1.091. Tests of the compressor with this alteration were 
made in run 14. This reduced expansion resulted in higher measured 
pressure ratios, little change -in total-prbssure distribution, and a 
desirable reduction in the flow angle at the tip. (See.fi. 17.) 
A pressure ratio of 1.56 was obtained with an efficiency of 70 per-
cent-from survey measurements.	 - -' -	 -	 - 

• The, fact that no discontinuity existed in the transonic 
range seemed to indicate that. the contraction ratio could be 
increased advantageously. It was therefore decided to Increase 
the contraction ratio from 1.035 to approximate1 r 1.15 in run 15. 
Balsa wood was glued. to the rotor '-blades - to givO - the - larger 
contraction ratio, In this condition, flow entering the rotor 
did not approach the supersonic operating condition, inasmuch as - 
the maximum axial velocities and mass.flow measured were very low. 
Little pressure rise was observed. The contraction ratio of 1.15 
was apparently too 1aige fox' the maximum blade entrance Mach number 
obtainable with the existing equipment. The original contraction 
ratio of 1.035 was- therefore -used 'In two' subèquent runs..	 -' - 

The result-s of run 111. had indicated that' the reduced expansion 
caused some impx'ovement in performance. The thick trailing edges 
were undesirable, 'however, and thus,' it was'decided to maintain 
the expansion ratio of run 14 by reducing, the annular passage - 
height and removing the balsa from the sides of the blades. This 
modification was tested in run 16. Figure iT shows good distribution 

rOOND,
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of the total pressure 'and turning angles for run 16. A ëul'vey pressure 
ratio of 1.72 was measured with an efficiency of 79 perceit. 

Run 17, 'in which' 1116 inch of. balsa was removed from the 
underside of the shroud at the exit to increase the •expansion ratio 
to 1.135, failed to show significant , improvement in perfoi'nance 
over run 16, yielding a measured pressure' ratio of '1.66 at an 
efficiency of 81-percent. The distribution of the yaw angles 
and total pressure was not So god is : in the previous run. "It 'now 
seemed that the opti1num expansion ratio, had been determined, but 
the pressure ratio desired could not be obtained with the small 
amount of subsonic diffusIon'apparently obtainable with this 
blad.ing. Again, increased contraction ratio appeared to offer-the 
most promising method of improving performance. 

The expansion ratio of the rotor for run 18 was the same th 

that for run 16, ER = 1.091, but the 'conti'action ratio was 
increased to 1.092 (fig. 6) by gluing balsa wedges to the sides 
of the blades. The performance was considerably improved, but 
the distribution and yaw angles were not. With the exception of 
Improved balsa surfaces, 'the rotor remained as in run 18 thrbi.ghout 
the rest of the test period.. Theoretical velocity diagrams were 
developed for this configuration for air (fig. 2(b)) and for 
Freon-12 (fig. 2(c)).  

The compressor showed the same general trends as the static 
models, Improved operation was obtained with increased contraction 
ratio, and best performance occurred at expansion ratios of about 
1.1. The diffusion In the rotor however, was much less efficient 
and the exit velocity was very high (fig. 1.8(c)). •Th'js result was 
due probably, In part, to the inaccurate construction of the rotor. 
As previously mentioned, the rotor has been rebladed more accurately, 
this investigation is being repeated and extended In an atteipt'to 
obtain Improved performance.	 ' 

Tests of Final Rotor Configuration' 

The final configuration of the rotor was teated. in Freon-12. 
at 0.2 abnosphere from a compreor Mach nber Mc '= 0 .7 ..to' 
me = 1.6, correspondIng to rotational speeds from 11,000 rpm to 
25,000 rpm in air at static sea-1e01 conditions. Most of the runs 
were, made with the guide varies, 'but' a few c±üde tests were made 
without the guide, vanes. (See appendix C.) A straight annular 
passage was used. behind the rotor (solid lines, fig. 1). ' The 
Reynolds number (see appendix D)• at the design conditions in 
Freon-12, about 650;000, was about half the value tht' would 
result In air at, static sea-level entry. conditions.
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Conditions behind the rotor were determined by surveys taken 
Just downstream from the rotor s i.esu1ts of typical surveys from 
tests run with and without guide vanes are presented in figure 18. 
The performance of the compressor as obtained from such surveys is 
presented in figures 19, 20, 21, and 22. - The rotor efficiency 
showed little change irith rotational speed, varying from 82 per-
cent at Mc =0.7 to 83 percent at M0 1.3, and to 80 percent 
at	 = 1.5. The measured pressure ratio showed a linear increase 
with compressor Machnumber in the higher speed range, reaching 
maximum value of 1.96 at a compressor Mach number 	 = 1.57. 

Velocity diagrams obtained from measurements at the desi speed 
(10,500 rpm) are presentec'. in figure 2(d).. Figures 19 and 20 shd'r 
that the experimental compressor produced a pressure ratio of 1.8 
with a rotor efficiency of 0.83 and a mass'-flow coefficient Cg. of 
0.395, which when coñvrte& to 'static sea-level atmospheric conditions 
is equivalent to 28.5 pounds of air per second. If it were 
possible to install.stator blades capable of recovering 90 percent 
of the dynamic pressure, the over-all efficiency ouid he about 
80 percent. The high mass flow , and pressure ratio make this 
compressor more compact by a factor of about L than any other 
known machine performing the same operation. 

DISCUSSION


Supersonic Operating Condition 

Large total-pressure losses occur in extended strong shock waves. 
These losses can be largely prevented if the strong shocks are 
confined within properly designed blade passages. In-reference 2, 
it was shown that this effect cannot be obtained with finite blade 
thickness at Mach numbers closeto 1. As an aid to understanding 
the flow patterns at these transonic Mach numbers, a hypothesis 
proposing that detached bow..waves were -formed ahead of each blade 
was presented.,. Speeds above the minimum at which detached bow waves 
could be expected to attach themselves to the blading are classified 
as the supersonic operating condition. One of the first objects of 

• this work was to determine whether such a supersonic operating 
condition could be found with the test compressor; °that is, whether 

• a regime of operation existed which agreed with the theoretical 
considerations for the supersonic operating condition discussed in 
reference 2. 

One of the first Inferences from this theory would be that 
the volume flow entering the compressor could be dtermined by 
the requirement that the entering-air direction be parallel to 
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the a rward side of the blades at the leading	 (tis Portion

of th bla6es was essentially flat in this compressor) Ia 
figure 22, it can be seen that for entering Mach numbers

. M2 

greater than about 13, the rotor entrance angle is apxity 
independent of rotational, speed and of throttle position. T1 
actual angle measure ,-','easure In this range is of the order of 280 .s'th.ch 
Is to be compared with the309 called for in the 
agreement is considered good in view of the numerous strucal 
inaccuracies of this compiessor. 	 . 

It' would also he expected that,, in the puperpon,iq: opating 
range, the losses would' be primily due to the sho4i wayes . and 
resultant separation occuring 'ins i 4e, the 'Otoi' pase. 'ience 
with supersonic diffusers (reference 1.) has ixuUcate. 	 teB 
losses ecrease as the exit pressure on the passages j in,creased 
It would be expected, therefore, that highest wq^tld be 
obtained with inaxImii exit p'esure that is at maximum p ressure 
ratio s . Some evidence that this effect was obtained can b found 
'rom the efficiencies of the highest speed runs (10,500 rpi.) in 
figure 20. 

Furtheacre, the lowest Madh number at which these supersonic 
operating characteristics would appear (starting Mach nim.bqr 
should be related to the contraction ratio of. .the'bde.-pges 
in a manner similar to the starting curve ( f i c,. .3 of referee 1) 
for supea sonic diffusers. Since the contraction ratio in ths 
blaing as about 1. 092, it t rouJ9 be ex'oected. that the sup on4.c 
opratinç condition in Freon-12 iould occur for:MachnumbeasMp 

of about 1 II-3 or greater, or for compressor Mach numbers (o pmpa,r 
iith ti! . 2'2 of 10' 34 or greater. The characteristics of thç 
supersonic operatin. con itiori, i ..rhich eTere roferrec' to reviou sly, 
apparently begin at Mach iuimbers very close to these values The 
expected arop in efficiency due to increased shock losses 
higher Mach numbers than design as found, as is evident Ii 
figures 20 an9 21

T±'ansônic Operating Condition	 . 

In the transonic rane, detached bor waves' would 'be eciptd 
to"exist ahead of the lea-'Ing edges of the ,rotor blades T}ese 
waves should have to kinds of ef'fects on the performance othe 
comp±'essb. In-the first place, the rotor entrance angle 
be reduced below the value which is fovd In the supersonIq 
operating condit18, as is indicate in reference 2, The 

,1(TI 
&C0iT.NTI-AI



NACA RM No. L6JO1b	 .00NFIDT.L	 21 

experimental values are given in figure 22, and it can be seen that 
the reduction of this 'angle at low Mach rnmibers did dccur. This 
effect ,can also be seen in the mass-flow cines of figure 19. 
Furthermore, the amount of the reduction Is seen to depend greatly 
on the exit pressure. The results obtained at 9000 rpm are 
particularly Interesting In this respect. It can be seen that 
the exit pressure could be increased up to a certain point without 
having any effect.on the mass flow. Thus, it seems likely that, up 
to thipoint, the flow through the blade passags was, at least 
in part, supersonic so that the exit pressure had no effect on the 
detached bow-wave system. Higher exit pressures pparent1y resulted 
in a subsonic flow through the bie4e passages and in this range, 
the mass flow and hence,. also, the . strength of the detached bow- 
wave system was affected by the exit pressure. 

The second effect to be expected from the detached bow-wave 
system is that the losses inherent in this system should appear 
in the measured. efficiencies. These lossescan be seen in two 
ways in the experimental results. First, it will be seen that 
the peak efficiency did not begin to  drop off with Mach nthe 
until the supersonic operating condition was reached (fig. 21). 
It is well 1mo.that the efficieicy of supersonic diffusion 
decreases, in general, with increasing Mach number. Thus, it 
seems reasonable to conclude that in the transonic range, the 
expected drop in efficiency Is compensated - or apparently slightly 
overcompensatecj. by the bow.waves coming closer to attachment 
and thus the i&ss in the bpi,?-wave system is d.ecreaed. Second, 
it can be noticed in figure 20 that the .peak efficiency doSs hot 
occur at peak pressure ratio in the transonic. range. - Sale 
indication can be seen in this figure that peak effic1eny tends 
to move closer to peak pressure ratio as the supersonic operating 
condition is approached The transonic performance also shows a 
distinct departure, from the performance of superàonic Uffusers, 
since in supersonic diffusers, peak pressure. ratio' , and peak 
efficiency always occur simultaneously.: It'isconsidered that 
the drop in efficiency for higher pressure iatios ta givefl 
Mach number is.:due to an -increase in the strength and in the 
losses of the detached bo-wave system. 	 .	 .	 . .... 

In these experimOnts. . no. discontinuity of Any kind was 
observed in the flow as. the • cpressor passed 'thrOurh the transonic 
range. . Thi s performance s considered somewhat surprising' in 
view of the fact that most aupersonic diffusers show disOontinuous' 
performance when the shock wave is swallowed.. The teasons . for 
this lack of d1scontinuity' are not yet'clearly ufld.erstoda 
therefore, no prediction as' to whether diecontinuities will be 
found in other supersonic compressors 'can be made. There is a 
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possibility that this lack of discontinuity Is relatea to the high 
level of d.Istubae whi.ch must be present due to the separation 
in the rear of the ro'r passages, which,rill he. discussed. This 
subject needs f'urther study.. 	 - 

Some understand.ingof this performance can be had., however, 
on the basis of the detached bow-wave hypothesis. As the relative 
Mach number is increased, the bow waves would be expected to 
approach attachment. At the Instant of attachment, the dowastream 
leg of the bow wave, which now forms a normal shock in the passage 
(fig. )i. , reference 2) would probably jump downstream to a stable 
position in the diverging part of the rotor passage. Since the 
mass flow and throttle position are . unchanged by this sudden motion 
of the shock wave, the 'back pressure on the compressor would-,also 
be expected to be unchanged. Therefore, it would seem that, 'in 
accelerating a compressor, attachment of the bow waves would 
produce no sudden effect in the observed. performance. 

Experimental Results on the Flow Leaving the Iiotor 

From the previous discucelo; the supersonic flow entering the 
rotor appears to be fairly well understood qualitatively. The 
situation In regard to the flow leaving the rotor is not nearly 
so well understood., A marked discrepancy was found between the' 
efficiency of diffusion inthe I-inch-jet tests and in the rotating 
machine. Thus, in the 1-inch-jet tests, it was possible to 
diffuse 'to Mach numbers of the order of 0.6 whereas, in the 
rotor, exit Mach numbers (fig. 18(c)) of about 0.95. were measured. 
It is apparent also that a large part of the slowly moving air 
in the rotor passage appeared at the tip section. In test runs 12 
and. 13, where the expaaision 'ratio of the subsonic passage was 
large, this effect was very greatly accentuated.. 

The high total-pressure losses, and. particularly the accumulation 
of slow air at the tip, produce serious discrepancies between 
predicted and experimental performance. In the first place, the 
pressure ratio obtained by the compressor was very greatly reduced 
from the design value of about 2.9 to about 1.8. Ws great 
difference in pressure ratio can be best explained by considering 
several factors in combination. First, the Mach number leaving 
the rotor was higher and thus produced a lower static pressure In 
addition to the static pressure drop attributable to, the increased 
total-pressure loss. Higher velocities leaving the rotor (rotor 
coordinates) meant also lower velocities entering the stator 
(stator coordinates), and consequently, lower total pressure measured 
entering the stator (fig. 2). The pressure ratio obtained In the
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supersonic compressor therefçre appears to be very sensitive to the 
diffusion efficiency in the rotor passages, The measured efficiency, 
about 80 percent, was lowe- than the pradloted value calculated from 
the results of the 1-inchjet tests, wh1c1 'ias about 90 percent. 
These values. however.	 do not take into account the difficult 
problem of the stator design occasioned by the fact that. , the velocity 
andtotal pressure of the air behind the rotor t u-óuld. be considerably 
lower than that behind the pitch or the 

,
root and would be accompanied 

by the appreciable variation in flow directiOn measured across the 
exit annulus. 

Velocity diagrams from data taken in actual tests at design 
speed in Freon-12 are presented in figure 2(d). It ibi to be note.d 
that the tip section shows turning in a direction ôpposl.te to that 
of the blade camber whereas the pith section shows too large 'a 
turning in the expected direction. These effects are probably due 
to the radial flows neàessitated by separation at the tip. 

The reasons for the increased, loss ­in* the rotating tests are 
not yet clear. Three e'fects which existed in this compressor 
should be. pointed out. First, the construction of this machine 
is particularly defective at the blade tips, and. these construction 
defects undoubtedly increased tip losses. Second, the presence of 
the shroud and resultant leakage probably affect the flow adversely. 
Third, the interaction of a normal shOck 'ith the boundary layer 
usually results in a great thickening of the boundary layer. It 
would be expected. that these thick boundary layers would be 
centrifuged toward th tip of the rotor and thicker dead-air 
regions would th%us be create. at the tip than at the root. 

One preliminary attempt that was made to reduce the 
accimiulation of slow air at the tip should be mentioned. In 
the original design,, the entrce yanes roughly equalized the 
total pressure entaring the tip with that entering the root of the 
rotor. If. these eatrance vanewere removed, the total pressure 
relative to the rotating blade entering the tip would be expected 
to be higher than that entering the root. These vanes were 
therefore removed 5'i the hope that the increased, total pressure 
entering the t±p night help to remove the acciiiuJ.ation of slow 
air at this point.' The results obtained can be seen in figure 18 
and appendix C. From these results, iti apparent that some 
improvement. in the flow leaving the rotor was made in this way. 
The efficiencies calculated from. these 	 were somewhat higher 
than those • obtained'previously, but these results are not presented 
since the measured mass flows entering and leaving the rotor did 
not check and these experiments must be repeated. Procedures of 
this general nature are considered., however, to have great promise. 

1 UK
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The: study of this pob16m. was made very difficult because of the 
construction defects of the present rotor and. further research on 
a reconstructed rotor is in progress. 

P.RELflv1NY TESTS OF PLADED OTOfl 

A few preliminary tests have been run with an accurately 
reb],ad.ed rotor to provide a rough evaluation of the effects of 
inaccurate construction on the performance of the previous rotor. 
Although the contraction ratio of the blades in the new rotor is 
low, about 1.035, the expansion ratio has the value found to be 
optimunin the old rotor E = 1091. Test euts are encouraging. 
Flow conditions across the exit annulus have been found to be 
quite uniform and higher survey efficiencies hve been obtained 
with some increase in pressure ratio. These more uniform flow 
cond.itlons should. make possible the design c an efficient stator 
to follow the rotor. A stator is being inetallei and will be 
tested.

CONCLUDING Pp5 

An experimental single-stage supersonic axial-flow compressor 
has been desi-ied, built, and tested in Freon-12. This 16-inch-
diameter compressor produced a pressure ratio of 1.8 with a rotor 
efficiency of 83 percent and a mass f1or (converted to sea-level 
static atmospheric conditions) equivalent to 28.5 ppundsof air 
per second. If a 90 percent dynamic-pressure recovery i;s asst.ed 
to be attained. through the stator (it is not at all '1ear that an 
efficient stator could be addea to the rotor tested), the-over-all 
efficiency iould be about 80 percent. 

In the supersonic operating condition, -the mass flow' is 
independent of the pressure ratio. This performance is also 
typical of high-performance multistage subsonicaxial -:.ow 
compressors. Peak efficiency was obtained at mexinii pressure 
ratio. These characteristics, as well ad the quantitative mass 
flow measured, are in agreement with theoretical consid.erations. 
This agreement should justify-the general application of theoretical 
supersonic gas dncznics to the desiipf these machines. 

In the transonic range, the operation and. performance showed 
no discontinuity In passing from the subsonic to the tuporsonic 
operating condition. The peak efficiency occurred. at less than 
the me^ximvm presuro ratio with values only.slightly below the
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supersonic efficiency peaks. Mass-flow.variation with pressure 
ratio (at a given rotational speed.) decreased as the supersonic 
operating condition was approached.. These characteristics can 
be explained by the detached bow-wave hypothesis. 

The diffusion-process' in the rotor paaaes was found tobe 
much less efficient than the diffusion in simulated rotor passages 
in the stationary teats. The pressure ratio produced by a compressor 
of this type is very sensitive to the effi.cieny of diffusion in 
the rotor passages, and this low efficiency caused a large drop 
from the design pressure ratio. Much of the low-energy air 
accumulated at the tip of the rotor and the resultant poor 
distribution in angles and total pressure would make difficult the 
design of an efficient stator to follow this rotor. There are, 
however, several approaches available for improving the efficiency 
of diffusion in the rotor passages and equalizing the root and 
tip efficiencies. The study of this problem was made very difficult 
because of the construction defects of the rotor tested and further 
research on a reconstructed rotor is in progress. 

Compressors having supersonic velocities relative to the 
blading show considerable promise for application to aircraft 
propulsion engines. With only slight improvements in performance, 
the supersonic compressor will be able to compete with existing 
compressors, particularly in tuboet engines where compactness and 
light weight are essentIal. It should then be possible to design 
a machine which would be about four times..as compact as any other 
known compressor performing the sthie operation. 

Langley Memorial Acronautica), Laboratory 
National Advisory Committee for Aeronautics 

Laley Field, Va. 

D
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APPENDDCA 

TOTAL -PIESSURE RECOVERY BY STATICiTEs$uRE MEAS7BLMTM 

When the flow conditions at the exit cross section of a 
supersonic diffuser are uniform, it i possible to calculate 
accurately the recovered total pressure by. use of the expression


	

obtained in the following derivatIon:	 . 

From the energy equation.	 . 

2 
.c	 T	 =;c	 T	 .. 
P 2	 p 2	 .2 

and	 ..	 .	 . .

..., 
.	 c	 T	 =c	 T+... .......... 

	

--	 2 

then	 .	 .	 . 

and	
0 

V2	 T

 : 

=	
T4 - T) 

From the equation of state

	

RT•	 . 

and

p = .i	 PT4	 .	
0 

From considerations of continuity 

p 
2 2 2 
V A = p1 

4 4 
V A1

(i) 

CONFTflETML
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Substituting in equation (1) fives

	

T %	 A	 T	 T4) P2 	 P4	

• 2 2/P31	 (2) 

Squaring both sides, canceling connon factors, and transposing leads 
to

(p2 T A 

A:)	
T	 T45 .•- T
	

(3) 

From equation (3), if it is assumed-that. T,. = T2 , and use is 

made of the quadratic formula, the adiabatic. relationship between 
the stream and stagnation conditions at the blade exit being 
included, the following expression is derived from which P 4 may 
be calculated:	 •	 • 

Tp T28 

l+/l21(±	
') 

Lp
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APPENDIX B	 S 

PERFORMANCE COMPUTATION METHODS 

Mass flow. - The entrance mass flow is computed 'from the 

measured rata, B, p, p1, T1 , and. e- for each radialsurvey 
station r between the root and. tip of the rotor inlet annulus. 
The exit mass flow is computed from the measured data p , P, T 

5i5 
and eç over the exit annulus. The expression for inlet mass 
flow ' G = p V1 A, may be written in the differential form 

1 a-- 
d01= pfT1 dA1. In the final form the ex pression becomes 

prt 
•	 G=

Jrh

27r.L. V cos 0 rclr 
PT. 1
 1 

the right side of which may be.integrated mechanically when plotted 
against the inlet-annulus radii. The analogous expression 

p rt r 
G =	 2t—V cosO rdr 
5 J	 PT 5	 5.5 5 

rh	 5 

may be similarly integrated to ive the exit mass flow as a check 
of the preclsioii of measurement. The mass-flow coefficierts 0G 

/	 7+1 
are found by dividing the computed mass flow by pOaA O dlSC 

or PcracrAdisc which is the maximum possible mass flow through 

disc having the same tip diameter. 

- Efficiency. - The rotor efficiency rr is computed from the 
following expression (the velocity vectors are shown in fig. 2): 

Yr
	 T' dGG c LT'	 1	 p L 

=	 U 
5 v 5tan 

•	 dG5 - f	 tan rt 1 V	 dG1 

CONFIDENTIAL
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Typical plots of the teims of this expression are shown in the 
following figure. The efficiency may be obtained by integration..of 
these plots.

	

.............V	 dGr 
-.	 5 5 tan.	 - 

/ 
/ 'c 

Jr	 cT'dG5/dr
'01\N

- 

1	 .	 '0

- 
UlVita dG1/dr	 . 

•	 / 

-1 

-2
50	 54	 .62	 .66


Radius, ft 

Weighted average pressure ratio.- The pressure ratio is 
measured at each survey station dirtly behind the rotor. The 
weighted average pressure ratio is found from the following 
relations:

prt 

.4, AT' dG7..	 .• 

wt	 'S 

3 

=.(l + 
0 W 

t	
- Tow) 

5 

L. 
Ca 

4) 

1-4 

S.. 

S.. 

bD 

a) 

ci

rA 
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APPENDIX C 

ST RESULTS WITHOUT GUIDE VANES 

The over-all performance of the compressor was improved by 
the removal 'of the guide vanes; however, the magitude of improve- 
ment w not great enough to warr	 let nt a compe series of new 
tests with the sane inaccurately constructed.. rotor. The results 
of those tests run without vanes are listed as follows: 

Rotational 
speed. 
-(rp- -	 m)

N
c

p 

P1

j	 Mass--flow 
discrepancies r

(percent) 

9,000 1.243 1.582 80.48 

10,000 1.33111.Tog 86'.8 8.8 

10,000 1.351 1.727 81.96 6.0 

1.414 1.goI88.00 10,500 13.0 

10,500 1.434 1 ,.826 83.00

-

7.3 

11,000 1.498 1 . 1.900 8i.80 7.6 

11,500 1:576 1.970•78:90 7.9

The discrepancies between 'the mass flow entering the rotorand 
that leaving the rotor were quite large for these iane1ess runs. 
These data were therefore considered inàccürate, some of the 
efficiencies in particular appearing too high. 

•	
•' 
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APPENDIX D 

COMPARISON OF FREON .-12 AND AIR AS TESTING MEDIA 

In order to make aerodynamic tests at lowered, tip speeds 
with reduced stresses in the rotor, but at design Macli numbers, 
Freon-12 was used as the testing medium because of its low 
velocity of. sound, about half that of air. IUce air, Freon-12 
(C C12 F2 ) behaves very nearly as a perfect gas at room 
temperatures and pressures, approaching this behavior even more 
closely at the lower pressures used in these tests (reference Ii.). 
This gas, however, has physical ,properties somewhat different from 
air, with a value of 7 = 1.125 at 0.2 atmosphere, 5800 F absolute 
as compared with ' = 1.4 - f or air at standrd conditions. Although 
the adiabatic flow.relationships of pressure and mass flow per 
unit area with Mach number are about the same in Frean-12 and in 
air in the range considered, the temperature, contraction-ratio, 
and shock-loss relations with Mach number are significantly 
different. The temperature change in Freon-12 is about a third 
that in air for a given adiabatic pressure change. For example, 
the permissible contraction ratio for Freon-12 is about 1.12 
compared to 1.09 for air at a Mach number of 1.50 relative to the 
blades. Total-pressure losses in shock waves are sewhat greater in 
Freon 12 than in air for a given pressure ratio or a given Mach 
number. RéynoldC numbers for the design condition, based on c 
blade chord length of 0.1355 feel and typical flow conditions 
entering the rotor (fig. 2) are about 650,000 in Freon-12 compared 
to about 1,100,000 in air. 

Because of these various differences, aerodynamic tests 
conducted in Freoii-12 would produce . somewhat Mfferent results than 
if they were conducted in air; particulai-ly when a change in 
physical coordinate system is involved, as in compressors. The 
following velocity diagram is given to compare the flow conditions which 
would occur at . the . pitc'h section wlen th, compreësor is rux at 
th same compreorMach humber, M0 . 1J.3,, in Freon12 as in 
air. TheseVa1us are to becompared with the ,ve]ocity diagrams 
for the pitch section (fig,2(a)) 

CONFThENTIAL
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V5 )43.3 fps 
T5 = 563.6° F abs. 

P5	 1.905 atm. 

5_ 62°5 1' 
U5 = 60Lj..8 fps 

M1 0.777 ¶ 
V1= 
T1 501.1 
p1 = 0.717
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0,717	 T-

5°25' 

90 -) 3 0 ° 1 

u1 = 613.3 

From this example, it is obvious that the Mach number entering 
the blades is coisiderab1y lower in Freon-12 (M2 1.54) than in 
air (M2 = 1.62). Inasmuch as M2 is probably the most important 
parameter that deteimilnes ',-.,he operatiOn of the compressor, comparisons 
should be made oh this basis, rather than on the basis of M0 . In 
figure 2, veJocity. diagrams for air (fig. 2(b)) and for Freon-12 
(fig. 2(c)) present the flowconc3.itions with thesame Mach numbers 
entering the blades. •. 

Some differences in the flow conditions are evident. The total 
pressure, Mach number, and flow angle entering the stators are 
higher in Freon-12. The calculated efficiencies aè about the same in 
either case, 86 percent if normal shock losses and 90 percent 
dynamic-pressure recovery in the stator are assumed.. 

It is clear from the foregoing discussion that, if a compressor 
is to be tested in freon-12, the aerodynamic design calculations 
must be based on the flow relationships for Freon-12 if the results 
are to be more than roughly qualitative. If such results are used 

o.6o 
VL	 306.5 
T	 563.6 

	

= 1.5L4.9
	 P4 = 

7L.5.8 
T	 501.1
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to design an air compressor, care must be exercised, because the 
flow conditions will not be identical. However, as these 
corrections can be made, Freon-12 does provide a, teatinc, medium 
for exploratory investigations in which it in desirable to reduce 
the structural problems and power requirements. 

P2CES 

1. Kantrowitz, Arthur, and Donaldson, Coleman duP.: Preliminary 
Investigation of Supersonic Diffusers. NACA ACR No. L5D20, 
1945. 

2. Kantrowitz, Arthur: The Supersonic Axial-Flow Compressor. 
NACA ACR No- .L&02, 196. 

3. Huber, Paul W., and Kantroiitz, Arthur: A Device for 
Measuring Sonic Velocity and Compressor Mach Number. 
NACA PM No. L6ICl4, 1947. 

1. Huber, Paul W.: Use of Freon-12 as a Fluid for Aerodynamic 
Testing. NACA TN No. 1024, 1946. 

5 . Nielsen, Jack N.: Effect of Turbulence on Air-Flow 
Measurements behind Orifice Plates. NACAA No. 3G30, 
1943-

h.1 

60I1FIDENTIAL



NACA RM No. L6J01b

¼ CNJNr(j 
Exit static orifice 
and 

s7L(-

ey station 5

ITL 

1.	 Entrance static 
rifice station 1

Fig. 1 

Entrance vanes 

EntertflgflOW-




direction 

Final straight 
exit passage 
(after run 18)

at Teat rotor

r-4 rq r4 ri

Bearing hous lug 

Pressure seal

location 

Original exit passage	 1.00" 
and stator blade location I

Flow 
direction 

- 

ft 

I j

E::	 Balsa addition	 NATIONAL ADVISORY 
to shroud

COMMITTEE FOR AERONAUTICS 

Figure 1.- Longitudinal section through the rotor showing 
aerodynamic passages • The original outward curvature 
of the shroud and exit passage are shown as dashed lines. 

€® NFl DEN(T. rL -•r. 



Fig. 2a	 NACA RM No. L6101b 

, 
L LCONFI DENT IL 

*4 = 0.614 M5 = 0.840 
*4 = 772 
T4 = 659

V5 - 1056 fps 
T	 - 659° F abs. 

P4 = 2.100

V05`p = 

2.lOOatm. 

12 = 10585 38' 
*2 = 168'? 5 = 7036' 

= 471.2 U5 = 1600 fps 
P2 = 0.708

i	 -'°' 11 = 0.720 
(9Q0.. P) ' = 26045 = 765 

U1 	 1600	 Tip
= 471.2 

p1 = 0.708 

Axial direction 

*4 	 0060 15 = 0.750 
W4752 V5940 
T4 =655 
P4 = 2.027

!	 655 
p5 = 2.027 

-95	 5955' 

=1.65 68°48' 
=1710

 = 458.5 t
U5 = 1400 

P2	 0.644 91 = 525' U	 = 0.818 
859 

(900_ 	 )	 300 U1 = 458,6 

U1 = 1400	 Pitch P1 = 0.644 

14 = 0.513 *5 = 0.685 
14 = 640 
U4 = 648 648 
P4 p5 = 1.954

12 = 1.633

	

= .00	 59°4 
T2 = 445
*2 = 1688

U5 1200 
P2 

= 

	

el 	 = 00919 
950 
445 

	

= 33015'	
p1 = 0.579 

U1 = 1200	 Root	 NATIONAL ADVISORY 
COMMITTEE FOR AERONAUTICS 

(a) Original velocity diagrams for air, based on rotl&1 preliminary 
1-inch-jet tests. Initial conditions: p0 = 1.00 atmosphere; 
P0 = 5200 F absolute. Final weighted stagnation conditions: 

P5 = 730.1;	 = 2.99; and, with stator losses neglected, T = 90.9
Po 

percent. 

Figure 29- Supersonic-compressor velocity diagrams for the tip, pitch, 
and root sections. 
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(b) Calculated velocity diagrams for the final teat rotor in air, 

based on results or- 
inch-jet teats.	 Initial conditions:	 Po = 1.00 

absolute.	 Final weighted stagnation conditions: To	 5201 F atmosphere; 

T5	 = 719.1;	 = 2.83; and, with stator losses neglected,	 = 90.3
Po 

percent.

Figure 2.- Continued. 
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(c) Calculated velocity diagrams for the final teat rotor in Freon-12 
based on 1-inch-jet results, corresponding to the air diagrams in 
figure 2(b). Initial conditions: p0 = 1.00 atmosphere; To = 520 0 F 

absolute. Final weighted stagnation conditions: T5 3 = 591.5;	 = 2.88; 
Po 

and, with stator losses neglected, 	 = 90.2 percent. 
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Figure 2.- Continued. 
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(d) Velocity diagrams from data taken in actual tests at the design 
speed, N = 10,500 rpm in Freon-12. Initial conditions: p0 = 0.225 
atmosphere; T = 515.86 F absolute. Final weighted staiation con-

ditions: L = 1.796; the computed 15 based on the pressure ratio, 
P0 

survey efficiency, and originalstagnation temperature equals 561.2. 
For comparison, the measured I

58 
(not accepted due to Inconsistencies 

of thermocouple reading) equals 563. With stator losses neglected, 
ii 

= 80.6 percent.

Figure 2.- Concluded.
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Figure 6.- Cross section through rotor blades at 
14-inch (pitch) d1smeter. Design configuration; 
62 blades used. (All dimensions are in inches,) 
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(a) 

Strong oblique shock from 100 

leading-edge angle (Fig. 6) 

Weak shock from (b) 
leading edge

(e) 

Flow direction 

Transonic region 
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Model leading edges 

(d)
	 MACA LMAL 48948 	 (h) 

Figure 10.- Schlieren sequence showing the flow process and character-
istics as the model back pressure is progressively increased. 
Photograph (a) shows the unthrottled flow with the shock in back of 
the model. Photograph (h) shows the shock pushed completely outside 
of the model as an unattached bow wave. The design operating con-
dition appears to be that shown in photograph (f)'.
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Fig. 11 

Compressed air
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Fig. 15 
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Figure 15.- Schematic drawing showing blade-attachment method.
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Fig. 16 

CONFIDENTIAL 

Figure 16.- Supersonic-compressor rotor and shaft. Lacquered 
balsa-wood inserts are shown on the rearward side of each 
blade. The blade-tip curvature may be seen on the outside 
of the shroud. The curvature is completely washed out at 
the blade pitch sections. 
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Rotational speed, 10,000 rpm.
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Figure 18.- Comparisons of a typical run with and without entrance vanes. 
Survey paints are plotted for the blade-exit annulus; N, 10,500 rpm; 

Mc = 1.4 . It can be seen that the flow at the tip was improved 
somewhat by omitting the entrance vanes ahead of the rotor.
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Figure 19.- Variation of mass-flow coefficient CG with throttling 
and compressor Mach number. These.data were obtained frcin surveys 
behind the rotor and therefore do not include any stator losses. 
(Flagged symbols represent 12-point survey test.) 
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Figure 22.- Angle of flow (900 - 13 ) and blade pitch Mach 
number M2 entering rotor at the pitch-diameter against 

compressor Mach number M0 . For • M2 greater than about 

1.53 (the design starting blade Mach number), the entrance 
angle Is shown to be independent of tbrottle position as 
would be expected from the theory of the supersonic operating 
range. It Is to be noted that in Freon-12, at the design 
value of M. = 1.43, the value of M2 = 1. 53, whereas In 
air M2 = 1.62. (See appendix D.) 
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