'*?f'//—mc)a 7100.5
JANUARY 1971

EDITION

NATIONAL AERONAUTICS

AND
SPACE ADMINISTRATION

OFFICE OF SPACE SCIENCE AND APPLICATIONS
LAUNCH VEHICLE AND PROPULSION PROGRAMS

LAUNCH VEHICLE
ESTIMATING FACTORS

FOR USE IN
ADVANCE SPACE MISSION PLANNING







PREFACE
January 1971

This launch vehicle reference document contains mission
characteristic and launch vehicle capability data for use
by NASA and particularly the Office of Space Science and
Applications (OSSA) in the preparation of future mission
plans.

The data in this reference book are derived from sources
that are considered to be sufficiently accurate for advance
planning. In no instance should these data be used for de-
tailed mission planning without concurrence of the Director
of Launch Vehicle and Propulsion Programs.,

This edition reflects updates in vehicle performance and
possible availability and introduces a section on the
Space Shuttle. The Shuttle section has been coordinated
with the Office of Manned Space Flight.

This document is intended for the official use of NASA and
DoD, but may be purchased by nongovernment organizations
from the Government Printing Office.

Data contained in this document are reviewed and updated
annually. Questions should be directed to Mr. J. E.
McGolrick, Mr. B. C. Lam, or Mr. J. W. Haughey on telephone

202/962-4553,
ol 6% At

Joseph E. McGolrick
Advanced Programs and Technology
Program Manager

DISTRIBUTION:
SDL 1 (8I1Q)







TABLE OF CONTENTS

SECTION I
INTRODUCETONI: "2 o s o o ol WaF s (A i IGO0 (00 sl e Mo s
SECTION II
MISSION FACTORS AND CONVERSION CHARTS . . v & « & & ¢ o o o o« & & o - rop Oe
Solaxr System Missions. o isisle e o aletiiie sl o @ s o wie s oo w e
EclipticePlane Probes. . ¥ 5. o 'a o it a e o1 e e otot e Yo s
OUt~0L~Ecliptic ProbE8 ..« o o' b « & 4 s @ 5 5. o s le & @ & % & (@

Earth Orbit Requirements « « »' o « o w0 % o o o oo & = &

Lunar Mission Requirements o i o o« =« s o o o o o o o o o & o & o o

Planet Flybys.and OrbiCexs. . oie s e o s .0 s = @« o o o 5 o o %
Launch Requitementsi . & « Wl o b,

Planetary Orbit Energy Requirements. . . « ¢« ¢ o« o ¢ o s &

Cautlonary NOtei « o o « w @is w s » e & @ siw:s jo co ae ot o 0w

Conversion: Chatts. " o o & eitd. ¢ o fe oy Biia e et

REFETONCOB vv. o s & v & & 5 o0 sl b o aids P8 ¢ B

Figure

Figure

Figure

Figure

Figure

Figure

Figure

Figure

Figure

Figure

II-1. Velocity Required for Ballistic Probes to Outer
Ecliptic Reglong. Ts « & v e o'a o o & ‘o a6 7o ‘0 o w 48 s

II-2. Velocity Required for Probes to Outer Ecliptic Regions
WithLJupiter SWiNeDFATHEk . 70 Siit e 0i7 oqoflhsl Hei ot ot ber' atre T

II-3. Velocity Required for Ballistic Solar and
Inner Ecliptic Probes ot &f 5§ v b o e & o 5 o s

II-4. Trajectory Data for Solar Probes Using Jupiter Swingby. . .

II-5. Velocity Requirements for Ballistic Probes in the Ecliptic Plane

With Various Perihelion and Aphelion Distances. . . « .« .« &

II-6. Minimum V; and Corresponding Flight Times for Direct
Out-of~Ecliptic Probe8. . « + o s ¢ & s o w6 s

II-7. Accessible Region Boundaries for Out-of-Ecliptic Probes
Using Jupiter Swingby . . . .

I1-8. Launch Characteristic Velocity for Direct Mercury Missions.

IT-9. Characteristic Velocity Requirements for Mercury Missions
Using Venus Swingby . . . . . .

IT1-10. Characteristic Velocity Requirements for Venus and Mars . .

IT~1
1I-2
II-2
II-3
II-4
II-4
II-7
II-8
II-11
II-11
II-11

I1-12

II-14

II-15

II-16

II-17

II-18

I1-19

I1-20

I1-21

I1-22

I1-23




Figure

Figure

Figure

Figure
Figure

Figure

Figure

Figure

Figure

Figure
Figure

Figure

Figure

Figure

Figure
Figure

Figure

Figure

Figure

Figure

Figure

II-11.

I1-12.

I1-13.

IT-14.
II-15.

II-16.

II-17.

I1-18.

IT-19.

I1-20.
I1-21.

I1-22.

I1-23.

I1-24,

I1-25.

I1-26.

II-27a.

I1-27b.

I1-28.

I1-29.

I1-30.

TABLE OF CONTENTS
(Continued)

Characteristic Velocity Requirements for Jupiter
(400, 500, and 600 Day Flight Times). . . . . . . .

Characteristic Velocity Requirements for Saturn
(500, 875, 1250, and 1625 Day Flight Times) . .

Characteristic Velocity Requirements for Uranus
(1225, 1600, 1975, and 2350 Day Flight Times) . . .

Characteristic Velocity Requirements for Neptune. .
Characteristic Velocity Requirements for Pluto. . .

Characteristic Velocity Requirements for Jupiter
Swingbys to) Saturn and Uranus . « « o & sie s o6 o

Characteristic Velocity Requirements for Jupiter
Swingbys to Neptune and PIUto . o« s o o s s o s o o

Characteristic Velocity Requirements for Grand Tour

Characteristic Velocity Requirements for
Three Planet Jupiter Swingbys . « ¢ « « ¢« ¢ o« « « &

Missions.

. . ° .

Minimum Approach Velocities for Direct Mercury Flights. . . .

Approach Velocity for Mars and Venus. . . . . . .

Approach Velocity for Jupiter
(400, 500, and 600 Day Flight Times). . « . . . . .

Approach Velocity for Saturn
(500, 875, 1250, and 1625 Day Flight Times) . . . .

Approach Velocity for Uranus
(1225, 1600, 1975, and 2350 Day Flight Times) . . .

Approach Velocity for Neptune i « fets o 'o'e tocis e
Escape Velocities for the Planets and Earth's Moon.

Retro-Impulse Requirements Versus Approach
Velocity for Various Shaped Orbits. . . . . « . « &

Retro-Impulse Requirements Versus Approach
Velocity for Various Shaped Orbits (Expanded Scale)

Velocity Required for Earth Orbits. . . . . . . . .

Total Vi Requirements Assuming Two-Impulse
Transfe® from\ 100 m.emi, OEBLE.. o' Fe ol s o & s o

Transfer Apogee Impulse Requirements After
dransfer from 100 0. mi, Orblt. . .;af i 5 % e

IT-21
I1-2

II=2

I1-2

IT-3(

I1=-3]

II=-3!

II-3¢

II-3
I1-3

II-3

II=-4

II-4

II-4



TABLE OF CONTENTS
(Continued)

Figure II-3la. Horizontal Velocity Required at Reference Altitude

Figure II-31b.

Figure II-3lc.

Figure II-32a.

Figure II-32b.

Figure II-33.

Figure II-34.

Figure II-35.
Figure II-36a.
Figure II-36b.

Figure II-37.

to Establish Other Apsis. . . . . .

Horizontal Velocity Required at Reference Altitude

to Establish Other Apsis (Lower Altitudes).

Horizontal Velocity Impulse at Reference Altitude

Required to Establish Other Apsis . . . . .

Normalized Velocity Increment for Noncoplanar Orbit Transfers

Normalized Velocity Increment for Noncoplanar Orbit

Transfers (Extended Scale), . . . .

Inclination and V, of Circular Sun Synchronous Orbits

c

Launch Characteristic Velocity Requirements
Approach Velocities for Lunar Missions. . .

and

Conversion Chart, Ve to Hyperbolic Excess Velocity.

Conversion Chart, Vo to C3. . . . .

Conversion Chart, Vo to C3 (Cont'd) . . . .

Conversion Chart, Traditional Engineering Units to Metric

Table II-1. Planetary. Characte®dsStics . o . W Sl o
SECTION III
LAUNCH SITE FACTORS: - % 'ioio o %7 s T o Sibeves ol o o o6 7o

Figure III-la.

Figure III-1b.

Figure III-2.
Figure III-3.
Figure III-4.

Figure III-5.

LAUNCH VEHICLE PERFORMANCE DATA. . . « . « & .« .

Table IV-1.

Velocity Penalty for Launches from Eastern

Velocity Penalty for Launches from Eastern
(Higher Inclinations). .. . tks &, o5 Ho =

Velocity Penalty for Launches from Western

Velocity Penalty for Launches from Wallops

Test Range.

Test Range

Test Range.

Island.

Velocity Correction for Launches from San Marco.

Launch Azimuth Required to Achieve Various Orbit Inclinations.

SECTION IV

Payload Adapter and Shroud Data (Vehlcles Listed in

Order of Appearance) . T

e o .

II-46

II-47

II-48

I1-49

II-50

II-51

II-52

II-53

II-54

II-55

I1-56

III-1

II1-3

ITI-4

III-5

III-6

ITI-7

ITI-8

Iv-1

Iv=-3




TABLE OF CONTENTS

(Continued)
SECTION IV=-A Page
GENERALIZED PERFORMANCE DATA FOR LAUNCH VEHICLES USING CHEMICAL PROPULSION. . . . IV={
Launch Vehicle' Performance Available in 1971-1975
(Figures IV-A-1, Group 1, and IV=A-2, Group 2) . « + « « & & o « s o« o s s o IV=f
1971-1975 Improved Launch Vehicle Performance Possibilities
(Figures IV-A-3, Group 1, and IV-A-4, Group 2) . . . « « ¢ ¢ « o o « o o o« o« IV=£
Pcssible Near Term Saturn Class Launcﬁ Vehicles (Figure IV-A-5). . . . . . . 1IV-£

Performance of Selected Vehicles with the Burner II(2300) and
Beryllium Burner II Velocity Packages (Figure IV-A-6). . . . . . . . « « « . IV=

Performance of Various Titan Vehicle Options for
Interplanetary Missions (Figure IV-A=7). . « ¢ &« ¢ ¢ ¢ ¢« o ¢ o o o o o« o« o o« IV=£

Performance of Selected Launch Vehicles With a Possible H2/F2
Versatile Upper Stage (VUS) (Figure IV=A=8). . . v v ¢ ¢ « ¢ ¢ ¢ ¢« ¢« o« o« o« o« IV=!

Performance of Selected Launch Vehicles With Possible Future Centaur (F)
and Possible HZ/FZ Versatile Upper Stage (VUS) (Figure IV-A-9) . . . . . . . 1IV-/

Post=1975 Selected Possible Large Diameter Core
Titan Vehicles (Flgure TV=A=10)i o c0si o o oo vite sai ot s afiled s g iumis whtevehn' ot IV=

Figure IV-A-1. Launch Vehicle Performance Available in 1971-1975 (Group 1) . . . IV=

Figure IV-A-2. Launch Vehicle Performance Available in 1971-1975 (Group 2) . . . IV-A

Figure IV-A-3. 1971-1975 Improved Launch Vehicle Performance (Group 1) . . . . . 1IV=-2
Figure IV-A-4. 1971-1975 Improved Launch Vehicle Performance (Group 2) . . . . . IV-4
Figure IV-A-5. Possible Near-Term Saturn Class Launch Vehicles . . . . . . . . . IV=A

Figure IV-A-6. Performance of Selected Vehicles with the Burner II(2300)
and Beryllium Burner II Velocity Packages . . « ¢« « « ¢« « « o + . IV=A

Figure IV=A-7. Performance of Various Titan Vehicle Options for
Interplanctary iMissions. 5: . o i 6 Mo oL v e s we o w re wte e IVES

Figure IV-A-8. Performance of Selected Launch Vehicles with a
Possible HZ/FZ Versatile Upper Stage (VUS). ¢ « 4w i o o s « o & » IV=2

Figure IV-A-9., Performance of Selected Launch Vehicles with Possible Future
Centaur (F) and Possible H2/F2 Versatile Upper Stage (VUS) . . . . IV-4

Figure IV-A~10. Post=1975 Selected Possible Large Diameter
Core Titan, Vehicles: o . ifluaids Taire i itelloiii 5. Aokl s fio i olie L ook ViV




TABLE OF CONTENTS
(Continued)

SECTION IV-B

EARTH ORBITAL CAPABILITY FOR SELECTED EXPENDABLE LAUNCH VEHICLES.

Figure
Figure
Figure
Figure
Figure

Figure

Figure

Figure

Figure

Figure

Figure

Figure

Figure

Figure

Figure

Figure

Figure

Figure

Figure

IV-B-1.
IV-B-2.
IV-B-3.
IV=-B-4.
IV-B-5.

IV-B-6.

IV-B=-7.

IV-B-8.

IV-B-9.

IV-B-10.

IV-B-11.

IV-B-12.

IV-B-13.

IV-B-14.

IV-B-15.

IV-B-16.

IV-B-17.

IV-B-18.

IV-B-19.

Scout Orbit Capability--Due East (Wallops) . . .
Scout Orbit Capability--Due East (San Marco)

Scout Polar Orbit Capability=--WTR. .

5-Stage Scout Orbital Capability--Due East (Wallops)
5-Stage Scout Polar Orbit Capability=--WTR.

Scout (With 44-in. Algol) Orbital Capability--Due
East -(Walillops)y -y v iiiamns sl ae s fme e ot

Scout (With 44-in. Algol) Polar Orbit Capability--WTR. . .

5-Stage Scout (With 44-in. Algol) Orbital Capability=--Due
East (Wallopsg) ‘v & 5 ipgd wfie sl vlns » & % b o & abw s @

5-Stage Scout (With 44-in. Algol) Polar Orbit Capability--WTR.

TAT(3C)/Delta(TSE)/TE364(1440) (303) Orbital Capablllty,
90° Launch From ETR. . . . . . ol

TAT(3C)/Delta(TSE)/TE364(1440) (303) Orbital Capablllty,
1829 Launch From WIR . . . . : & o

TAT(GC)/Delta(TSE)/TE364(2300) (604) Orbital Capablllty,
90° Launch From ETR. « + +« &« & « . . AT .

TAT(6)/De1ta(TSE)/TE364(2300) (604) Orbital Capab111ty,
182° Launch From WIR . . . . . . . = de o

TAT(9C)/Delta(TSE)/TE364(2300) (904) Orbital Capablllty,
90° Launch From ETR. . . . . . . . 2

TAT(9C)/De1ta(TSE)/TE364(2300) (904) Orbital Capablllty,
182° Launch From WIR . . . . SR Ay o B ol

SLV3C/Centaur (Single Burn) Earth Orbital Capability,
0P Tmch FEon BIE. « . o s o 5 wnh o & o o olods w5

Titan IIIC (Op. Tr. St. Single Burn) Earth Orbital Capability,
93 Yaunch From BIR.. o o s & co ¢ afis 0 % wihi e b » wne o

Titan IIIC (Op. Tr. St. Single Burn) Earth Orbital Capability,
1827 Taonch FPOmWTIR o « » o & S ale.is = o w o oids & s W e s

Titan IIID, Payload Weight Vs Altitude, ETR and WTR. . . . . .

Page

IV-B-1
IV-B-3
IV-B=4
IV-B-5
IV-B-6

IV-B-7

IV-B-8

IV-B=9

IV-B-10

IvV-B-11

IV-B~12

IV-B-13

IV-B-14

IV-B-15

IV-B-16

IV-B-17

IV-B-18

IV-B=-19

IV-B-20

IvV-B-21




TABLE OF CONTENTS
(Continued)

SECTION IV-C

SPACE SHUTTLE PEREORMANGE. "<f o &' vaidie el s Nadie ol olis ol s % sl gnstag «
Shuttile zOnlyEModer ¥y 5, Watsaio fo. b, TR, Si b 80 RLs S o TR i, o el
Shuttle/ShuttleUppertStagctMode & - ot it ol b LR o Faam . L . o &

Table IV-C-1. Weights and Characteristics of Representative

Shuttle Upper -SEAge8. « % o = s ¢ v ‘o & o loier oibe'te o o w i
BADI O Eaphy e S ML s o RSl ol i . o L e M a e o e Bt e O S
Figure IV-C-1. Shuttle Payload and Adapter Weights. . . « « +« ¢ & & « o o &

Figure IV-=C-2. Nominal Performance Space Shuttle Payload Capability
(Orbiter Alr-Breathing Engines Tn) ¢ . .7. o o s o o o fo s e

Figure IV-C-3. Maximum Performance Space Shuttle Payload Capability
(Orbiter ‘Adr-Breathing Engines OUEL). v o o ois o oo o o = o

Figure IV-C~4. Equivalent Energy Circular and Elliptical Orbits

forgSpacetShuttle i MiSsToNal i ~vgte lo o P ol s s vaitd s e 1o s 6
Figure IV-C-5a. Shuttle/Solid Propellant Upper Stage Performance . . . . . .
Figure IV-C-5b. Shuttle/Liquid Propellant Upper Stage Performance. . . . . .

Figure IV-C-6. Stage Velocity Impulses for Solid Propellant Motors. . . . .

SECTION IV-D

VEEOGT.TY: PACKAGES ST schie sfniel i oo s ah arwe® oflia, o sesr o s delliva Sutetate o g o oty “ o, T8
Table IV-D-1. Velocity Package Characteristics. . . « ¢ ¢ ¢ + ¢ « « o« o «
Figure TV=D=1. VeloedtyiPackage PeTE£OYXManCe, & te oie hel slhe il e s 300 o o s

SECTION IV-E
PERFORMANCE OF SOLAR~-ELECTRIC PROPULSION SYSTEMS . &« ©+ o o o o s o « o o o
Referenceskiy vl S il et thacimayab i e sl 3 ol il at wlaiet sl o s ip0a

FIGURE IV-E-1l. Capability of an SLV3C/Centaur/Solar-Electric
Launch Vehicle for: Outer Planet Flybys. « « wie oo o s s & o

Figure IV-E-2, Capability of a Titan IIIC/Solar-Electric
LaunchiVehicle for OQuter Planet Flybys. .. s i « o s s o o s

Figure IV-E-3. Capability of a Titan IIID/Centaur/Solar-Electric
Launch Vehicle for Outer Planet FIYbYS: © s « s o oo o & o oo

Figure IV-E-4. Capability of an SLV3C/Centaur/Solar-Electric Launch Vehicle
for Inner Planetary and Ceres Flybys and Close Solar Probes .

IV-C

IV-C

Iv=C

IvV-C

IV=C.

IV=-C

IV-C

Iv-C

IV-E

IV-E

IV-E

IV-E

IV-E




Figure

Figure

Figure

Figure

Figure

Figure

Figure

Figure

Figure

Figure

Figure

Figure

Figure

Figure

|Figure

Figure

IV-E=5.

IV-E-6.

IV-E-7.

IV-E-8.

IV-E=9.

IV=-E-10.

IV-E-11.

IV-E-12.

IV-E-13.

IV-E-14,

IV-E-15.

IV-E~16.

IV-E-17.

IV-E-18.

IV-E-19.

IV-E-20.

TABLE OF CONTENTS
(Continued)

Capability of a Titan IIIC/Solar-Electric Launch Vehicle
for Inner Planetary and Ceres Flybys. . ¢« ¢« ¢« ¢« o o o o ¢ s o &
Capability of a Titan IIID/Centaur/Solar-Electric Launch
Vehicle for Inner Planetary and Ceres Flybys

and Close Solar Probes, . o': « o s @ = oa pokiiined ad T B s
Capability of an SLV3C/Centaur/Solar-Electric

Launch Vehicle for Outer Planet Orbiters. U T
Capability of a Titan IIIC/Solar-Electric
Launch Vehicle for Quter Planet Orbiters. . « « ¢« ¢« ¢ o « « « o
Capability of a Titan IIID/Centaur/Solar-Electric

Launch Vehicle for Outer Planet Orbiters. . . . ¢« ¢ « o o o «
Capability of an SLV3C/Centaur/Solar-Electric Launch Vehicle
for Inner Planetary and Ceres Orbiters. « o« « « o ¢« 4 & o5 o
Capability of a Titan IIIC/Solar-Electric Launch Vehicle
for Inner Planetary Orbiter and Ceres Rendezvous Missions . . .
Capability of a Titan IIID/Centaur/Solar-Electric Launch Vehicle
for Inner Planetary Orbiter Ceres Rendezvous Missions . . . .
Capability of an SLV3C/Centaur/Solar-Electric Launch Vehicle
for Cometary and Extraecliptic Missions . s o o s ‘e 6 s ¢ & o @
Capability of a Titan IIID/Centaur/Solar-Electric Launch Vehicle
for Cometary and Extraecliptic Missions . « « ¢ o ¢ o ¢ o o o o
Gross Payload Versus Departure Date for Jupiter Flyby with an
SILV3C/Centaur/Solar-Electric Spacecraft . ¢« « « « s o o s & s
Capability of a Titan IIID/Centaur/l15 KW Solar-Electric

Launch Vehicle for Outer Planéet FLlybyS. « « o o o s s o ¢ o' o o
Capability of a Titan IIID/Centaur/15 KW Solar-Electric
Launch Vehicle for Inner Planetary and Ceres Flybys . .~

Capability of a Titan IIID/Centaur/l5 KW Solar-Electric
Launch Vehicle for Outer Planet Orbiters. o Ll s s sl e e
Capability of a Titan IIID/Centaur/15 KW Solar-Electric
Launch Vehicle for Inner Planetary and Ceres Orbiters .

Capability of a Titan IIID/Centaur/15 KW Solar-Electric
Launch Vehicle for Cometary and Extraecliptic Missions.

IV=E-10

IV-E=~11

IV-E-12

IV=-E-13

IV=E=14

IV-E-15

IV-E-16

IV=-E~17

IV-E-18

IV-E-19

IV-E=-20

IV-E=-21

IV-E=-22

IV-E-23

IV-E-24




TABLE OF CONTENTS
(Continued)

SECTION IV=-F Page
PERFORMANCE OF NUCLEAR-THERMAL AND NUCLEAR-ELECTRIC PROPULSION SYSTEMS. . . . . . IV=F

REECTONCES v i ohie o ve = % 16 “sie shiethe o et renti. fo o e o o ol et & i e i n:  IV=E

Figure IV-F-1. Capability of Several Possible Launch Vehicles Using
A Nuclear Stage in Place of the STIVB. . ofd o & o olisi o & o o o o  IN=F

Figure IV-F-2. Capability of Several Possible Launch Vehicles Using
A Nuclear Stage in Placel of the SEVBS . v ofse Side wlis ¢ o s wve  IV=E

Figure IV-F-3. Capability of Several Possible Launch Vehicles Using
A 38K (Weight) Nuclear Stage in Place of the Centaur . . . . . . . IV=F

Figure IV-F-4. Capability of Several Possible Launch Vehicles Using
Nuclear Stages in Place of the SIVB and Centaur . . « o« « « « o« o IV=F

Figure IV-F-5. Capability of the Titan IIID(7)/Centaur/Nuclear-Electric
for Distant Planetary Flybys and Solar Probes . . . + « ¢« « « « o IV=F

Figure IV-F-6. Capability of the Titan IIID(7)/Centaur/Nuclear-Electric
for Near Planetary Flyby and Orbiter Missions . . . . . . . . . . IV-F

Figure IV-F-7. Capability of the Titan IIID(7)/Centaur/Nuclear-Electric
for Distant Planetary Orbiter MissionsS. s:e o s o ls ¢ o s o o +» IV=F

SECTION IV-G
RETRO-PROPULSION AND APOGEE KICK MOTOR SYSTEM DATA. . ¢ o ¢ ¢« ¢« o « ¢« o o &« « « o IV=-G

Figure IV-G-1l. Spacecraft Propulsion System Weight
Using Earth Storable Propellantsi s « ¢ s ¢ o o a5 o s 5 & & & + IV=G

Figure IV-G-2. Spacecraft Propulsion System Weight
Using Space Storable PropellantsS. . . ¢« ¢ ¢« ¢« o &« o +« o« o« o« « « o 1IV=G

Figure IV-G-3. Spacecraft Propulsion System Weight Using Cryogenic Propellants . IV=G
Figure IV-G-4. Spacecraft Propulsion System Weight Using Solid Propellants . . . IV=-G
SECTION V

SHROUD: CONEIGURATIONS o ‘s "o @ ooty et el e We . w18 sl s (o > he) 5, Taide o ah o 5. 0 @ V-1

Figure V-1. S coutMSHIEOUE SN Lu. & S e foaliier fiet o' aigaet= S0 i S o et 5T ler. otmtal R, W5 i V-2
Figure V-2, Delta A-12 Fairing/Spacecraft Envelope

Plzect, Mountingion SecondMSLaPer = v e usiinl o ol te kol lotita 5 w)tmd o gt gt o V-3
Figure V-3, Delta Fairing/Spacecraft Envelope Direct Mounting on Second Stage . V=4

Figure V-4, Delta Fairing/Spacecraft Envelope with the FW4 Third Stage Motor. . V=5




TABLE OF CONTENTS
(Continued)

Figure V=5, Standard Agena Clamshell Shroud. . . . . &« « « ¢ v ¢ ¢ &« o o &
Figure V-6. Agena Mariner C and Lunar Orbiter Over-The-Nose Shroud . . . .
Figure V-7. Basic Centaur Nose Fairing < o« o o o o s ‘s s %ds o & o 5 o @
Figure V-8 Centaur OAOI Shroud. « ' 5 ois & o o 5.0 ¢ & wh o.be o wle s » .
Figure V=-9. Titan UPLF (Universal Payload Fairing) . . « « « « « o« & o %
Figure V-10. Saturn IB and Saturn V Shroud (Based on Voyager Nose Cone) . .
Figure V-11, Saturn IB and Saturn V Shroud (Based on Modified Lem Adapter).
Figure V-12. Standard Burner II Fairing Systeém. . . + o « + o ¢ o o o o o &
Figure V-13. Titan/Centaur Bulbous Viking Shroud Payload Envelope . . . .
Figure V-14. Titan/Centaur Bulbous Shroud Overall Dimensions. . . . . . @
SECTION VI
DEFANTETIEGON OF TERMS. /s c6 ls/ s 5 s (56 8 & o & sis & % o sis @ & @ @ @ o s &%

V-9

V-10

V-11

V=12

V=13

V-14

V=15

VI-1







SECTION I

INTRODUCTION







I-1

SECTION I

INTRODUCTION

This document is a tool for establishing a first estimate of launch vehicle
requirements by those engaged in the preparation of advance mission plans.

The sections in this document are organized such that the user, having defined
a mission in terms of payload weight and orbital specification or space destination, may
normally proceed through the following steps:

(1) Determination of basic mission velocity requirements - Section II,

Mission Factors and Conversion Charts

(2) Determination of launch site effects and incremental correction on
velocity requirements as a function of orbit inclination or launch

azimuth at each site - Section III, Launch Site Factors

(3) Determination of the total characteristic velocity (V;, defined in
Section VI) required to accomplish the mission, through combination
of the results of (1) and (2)

(4) Determination of the launch vehicle(s) that can deliver the prescribed
payload weight at the required characteristic velocity from a specified

launch site - Section IV-A, Generalized Performance Data for Expendable

Launch Vehicles Using Chemical Propulsion, or Section IV-C, Space

Shuttle Performance.

This procedure is appropriate for most launch vehicles; however, because of
various constraints, performance capabilities of certain vehicles cannot be generalized.
This is particularly true for Earth orbital missions. Therefore, specific Earth orbital
performance data for selected expendable launch vehicles and for the space shuttle without

upper stages are contained in Section IV-B, Earth-Orbital Capability for Selected Expendable

Launch Vehicles and the first part of Section IV-C, Space Shuttle Performance, respectively.

For the space shuttle with a solid propellant upper stage, Section IV-C contains sufficient

performance data to allow calculation of the vehicle performance once a required sequence
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of AV's are determined from Section II. For other expendable vehicles involving non-
restartable final stages not included in Section IV-B, information can be obtained by
contacting one of the people listed in the Foreword.
Performance data for selected solid-propellant velocity packages, which may be
used to increase the characteristic velocity of some launch vehicles with small payloads,

are presented in Section IV-D, Velocity Packages.

Section IV-E, Performance of Solar-Electric Propulsion Systems, and IV-F,

Performance of Nuclear-Thermal and Nuclear-Electric Propulsion Systems, contain represent-

ative data for possible future nonchemical stages and electrically propelled spacecraft.

Section IV-G, Retro-Propulsion and Apogee Kick Motor System Data, provides a

basis for estimating weights of planetary orbiter retro-propulsion systems and apogee

kick stages.

Section V, Shroud Configurations, indicates nominal payload physical dimension

constraints for potentially available shrouds,

Section VI, Definition of Terms, is a brief glossary of terms used in this

document,
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SECTION II

MISSION FACTORS AND CONVERSION CHARTS

The purpose of this section is to provide data for the preliminary estimation
of launch energy requirements for a variety of space missions. It should be emphasized
that these data are intended only as first approximations. For more detailed information,
the reader is referred to information available in the references cited at the end of this
section. Section VI should be consulted to clarify definitions of terms.

The performance required to obtain a specific unpowered spacecraft trajectory
is most succinctly characterized by the summation of all the discrete and impulsive
changes in velocity that must be imparted to the spacecraft. The characteristic velocity
so obtained then depends only upon the mission itself and the assumed sequence of impulses
employed to inject the spacecraft into its final ballistic trajectory.

The information contained in this section may be used to obtain the characteristic
velocity (Vg) requirements for a variety of missions. These characteristic velocity require-
ments are based upon a reference altitude of 100 nautical miles (n. mi.) above the Earth's
surface. By definition, then, the characteristic velocity for a 100 n. mi, circular orbit
is assumed to be equal to the actual orbital speed referred to Earth-centered nonrotating
coordinates. The characteristic velocity for any other mission is then obtained by adding
the required velocity increments to the orbital speed at an assumed 100 n. mi. parking
orbit.

In many cases, the characteristic velocity requirements presented here may be
compared directly to launch vehicle capabilities shown in Sections IV-A and IV-C, provided
that the appropriate penalty contained in Section III for launches other than eastward from
Cape Kennedy is added to the basic mission requirements. Exceptions occur for certain
missions for launch vehicles using stages that have limited coast or restart capability.
These launch vehicles may be unable to perform the particular sequence of impulses assumed
in deriving these general characteristic velocity requirements, and more specific per-

formance data, unique for each such vehicle, must be used or computed. Examples of such

specific performance data are given in the figures of Section IV-B, which show the Earth
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orbital performance available from certain expendable launch vehicles using a direct
ascent launch rather than an initial 100 n. mi. parking orbit. Data are available in
Section IV-C that allow shuttle performance calculations where solid propellant shuttle

upper stages are used.

Solar System Missions

Ecliptic Plane Probes

The characteristic velocity requirements for probes to regions lying in the
ecliptic plane are shown in Figures II-1 through II-5.

Figure II-1 contains the velocity requirement data as a function of trip time
and distance from the Sun for direct flights to regions farther out from the Sun than
Earth (outer ecliptic region). Note that the planets (and the asteroid Ceres) are
represented by bands of distance from the Sun. These bands are intended to show the limits
of radial distance caused by the eccentricity of the planet orbits (see Table II-1 for
other details).

As seen in Figure II-1, trajectories to regions far from the Sun, with reasonable
flight times, require very high launch velocities. These high velocity requirements can be
alleviated somewhat by employing Jupiter gravity-assisted trajectories as shown in
Figure II-2, The use of a close encounter with a planet to modify the heliocentric
trajectory of a spacecraft has been studied by many investigators, and Jupiter appears to
have the most dramatic potential as a swingby target for automated vehicles. Figure II-2
may be compared with Figure II-1 to see the rather substantial savings in either launch
velocity or trip time that may be obtained using the Jupiter-assisted trajectories to the
outer regions of the ecliptic plane.

For probes to regions closer to the Sun than Earth (inner ecliptic region),
minimum energy direct flights require less than 6 months, so only the minimum velocity
requirements are shown in Figure II-3, Again, the bands of distance from the Sun represent-
ing Venus and Mercury are shown for general information only.

Gravity-assisted trajectories may be used to advantage, under some circumstances,

for regions close to the Sun. Although Venus gravity-assisted trajectories to Mercury and
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the vicinity of 0.2 a. u. have been shown to be superior to direct flight in some cases
(see References II-1 and II-2), Jupiter swingbys can be very effective in reducing the
large launch velocity required for very close Solar probes., Trajectory data for close
Solar probes employing Jupiter swingby are shown in Figure II-4, Recalling that direct
flights take less than 6 months, the substantial penalties in flight time associated with
the Jupiter swingby are apparent.

In the event that a heliocentric probe orbit is desired which will range through
distances from the Sun that lie on both sides of Earth's orbit, Figure II-5 is included
to show the characteristic velocity required to achieve a given perihelion and aphelion

combination.

OQut-of-Ecliptic Probes

Data for direct flights to regions out of the ecliptic plane are presented in
Figure II-6; wherein the required launch characteristic velocity is shown for reaching a
given point, defined by celestial latitude and radial distance from the Sun. These are
optimum values in the sense that the characteristic velocity has been minimized at all
points., The corresponding flight times are also shown.

Since any out-of-ecliptic launch requires directing the hyperbolic excess
velocity vector away from the ecliptic plane, launch azimuth constraints (see Section III)
may become significant, Those optimum trajectories that require launches outside the
nominal azimuth limits from the ETR lie in the shaded region of Figure II-6. Probes to
points in the shaded region would probably require launch from the WIR to achieve the high
declination angles required, and a launch site velocity penalty would have to be added to
the basic velocity requirement of Figure II-6., For launches in the acceptable region from
the ETR, the velocity penalty caused by launching in a noneasterly direction is fairly
small, Being always less than 390 ft/sec., Further information is contained in Reference II-3,

It is apparent that direct launches to points at high celestial latitudes may
require prohibitively large launch velocities., Once again, Jupiter swingbys have
been shown to be useful in reducing the launch velocities required for out-of-ecliptic

probes. Figure II-7 shows a plot of the altitude above the ecliptic plane versus distance

from the Sun in the ecliptic plane, for fixed values of characteristic velocity. These
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data are based on optimized trajectories, in which the magnitude of the characteristic
velocity is minimized for each point, and the direction of flight leaving Earth and the

encounter conditions at Jupiter are free.

Planet Flybys and Orbiters

Launch Requirements. For missions to the planets, the relative positions of

the Earth and the target planet in their respective orbits must lie within certain angular
limits for reasonable launch velocities. As a consequence, the synodic period of revolu-
tion of the target planet with respect to Earth is of paramount importance in establishing
launch opportunities. If the orbits of Earth and the target planet were perfectly circular
and coplanar, the launch energy requirements would be identical at each launch opportunity
as established by the synodic period.

Actually, significant differences can occur in the minimum launch energies
required for different launch opportunities because the orbits of the planets are neither
circular nor coplanar, Because of such differences, Figures II-8 through II-15 present
characteristic velocity data peculiar to particular launch opportunities occurring during
the period of interest,.

Figure II-8 shows launch velocity requirements for flights to Mercury from 1977
to 1990, For Mercury, three opportunities exist each year, but Figure II-8 shows data only
for the two of interest. The solid bar shows the absolute minimum launch velocity for
each year and would represent the minimum requirement for a flyby mission. Approach
velocities corresponding to these trajectories are extremely large (40,000 to 56,000 ft/sec)
and are not considered practical for Mercury orbiter missions. The open bars, on the
other hand, present data for a different launch opportunity each year and represent the
launch velocity corresponding to the trajectory which minimizes the approach velocity at
Mercury.

No consideration is given in Figure II-8 to presenting data for a particular
opportunity width for each specific mission because of the rapidly changing trajectory
parameters which are characteristic of Mercury missions. A typical velocity increment,
above the listed characteristic velocity, would be 400 ft/sec for a 15-day opportunity,

Trade-offs between mission requirements and opportunity width must be made on an




II-5
independent basis for each mission because of the need to consider many more constraining
parameters, such as those related to departure and arrival geometry, than can be
discussed here.

Swingby trajectories employing a gravity assist from Venus have been shown to be
beneficial during some years for both flyby and orbiter missions to Mercury. Figure II-9
shows launch velocity requirements for Venus-Mercury missions between 1973 and 1985. In
general, launch opportunities up to 30 days do not require large characteristic velocity
increments as would a 30-day opportunity for direct Mercury missions; however, in 1975 and
1983 only 20-day opportunities are possible for unpowered swingbys. A powered swingby can
be used to extend these two launch windows; this mode is the only one possible in 1980.
The velocity increments (at Venus passage) shown for the powered mode in 1975, 1980, and
1983, are maximum for a 30-day opportunity. For more information on this subject, the
reader should consult References II-4, II-5, and II-6. Specific questions pertaining to
both direct Mercury and Venus-Mercury missions should be addressed to NASA OSSA Launch
Vehicle and Propulsion Programs.

Figure II-10 shows the launch velocity requirements for Mars and Venus from
1972 to 1990. The velocity required to permit a 30-day launch opportunity is shown along
with the minimum launch velocity for each opportunity. In some opportunities, Type I
trajectories have the minimum launch velocity requirement; in others, Type II trajectories
do. 1In cases where there is a strong tradeoff between launch velocity and flight time, both

Type I and II trajectories are shown.

Because of excessive flight times, absolute minimum energy launches to Jupiter
and the outer planets are not attractive. Therefore, the data in Figure II-11, II-12,
and II-13 show launch velocity requirements for particular flight times to Jupiter, Saturn,
and Uranus, respectively, along with the velocity to permit a 30-day launch opportunity
width.

For Neptune, the yearly changes are negligible during the period from 1974 to
1990, so the velocity requirement is shown in Figure II-14 as a function of trip time only.

The yearly changes in velocity requirement again become significant for probes to
Pluto, because of the large eccentricity and inclination of that planet's orbit.
Characteristic velocity data for two flight times are shown in Figure II-15, Only one

opportunity per year exists.
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Figures II-11 through II-15 are based upon data contained in Reference II-7, and
that report should be consulted for further information.

For missions to the planets beyond Jupiter, the use of a Jupiter gravity-assisted
trajectory may be advantageous in reducing either trip time or launch characteristic
velocity. Data in Figures II-16 show launch velocity requirements for particular flight
times for Saturn and Uranus. Similar data for Neptune, and Pluto missions using Jupiter
swingby are shown in Figure II-17. The velocity increments for 20-day opportunities are
shown instead of 30-day opportunities since they are significantly less. Each of these
missions has five opportunities in the 1970-1990 time period, corresponding to five
successive Jupiter opportunities.

An unusual opportunity for multiple planet swingbys occurs in the 1975 to 1981
time period. The "Grand Tour'" using Jupiter, Saturn, and Uranus swingbys to Neptune has
launch opportunities in each year from 1976 to 1980. The opportunity to perform this
mission occurs only every 179 years., Figure II-18 shows launch velocity requirements for
particular flight times for the '"Grand Tour'. Two other multiple planet swingby combina~-
tions of considerable interest are shown in Figure II-19. These are a Jupiter-Saturn-
Pluto mission and a Jupiter-Uranus-Neptune mission. Further information can be obtained
from References II-6, II-13, II-14, II-15, and II-16.

In general, the Jupiter swingby mode will be beneficial for flyby missions, but ‘
the increases in approach velocity at encounter with the target planet caused by the higher |
energy trajectories may preclude the use of the Jupiter swingby mode for orbiter missions.

The frequency of opportunities for Jupiter swingby trajectories to the outer
planets depends upon the synodic period of the outer planets relative to Jupiter.

Synodic Period of Outer

Planets Relative to
Jupiter, Earth Years

Saturn 19.8
Uranus 1347
Neptune 12.7

Pluto 12,0
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Planetary Orbit Energy Requirements. For planetary orbiters, the magnitude of

the required retro-velocity increment, which must be provided by the spacecraft propulsion
unit, depends upon the approach velocity relative to the target planet, the mass of the
planet, and the periapsis and eccentricity of the desired satellite orbit, If the only
mission requirement is that of being captured by the target planet, an orbit of high
eccentricity but very low periapsis is most economical, The required retro-impulse, which
is applied at periapsis, is smaller at lower periapsis altitudes, If the retro-impulse is
applied at very high periapsis altitudes, the required impulse, at worst, approaches the
magnitude of the initial hyperbolic excess velocity relative to the planet.

For circular orbits or orbits of small eccentricity, the required retro-impulse
is, of course, larger than that required for capture. In some cases, an altitude exists
that minimizes the required velocity increment for a circular orbit.

Data that permit determination of retro-velocity requirements for all potential
target planets except Pluto are given in Figures II-20 through II-27. The first six of
these figures give the approach velocities associated with the trajectories for which
launch velocity requirements were given in Figures II-8, and II-10 through II-14,

Figure II-26 shows escape velocities for different periapses for all the planets
and Earth's Moon. The relation between retro-impulse, approach velocity, and escape
velocity is shown in Figures II-27a and II-27b.

The following procedure yields the retro-impulse requirement:

(1) Determine the approach velocity from Figures II-20 through II-25

(2) Select the periapsis and apoapsis radii for the desired final orbit™

(3) Determine the escape velocity at periapsis for the planet being orbited

from Figure II-26

(4) Calculate the ratio of apoapsis to periapsis of the final orbit and

the ratio of approach velocity to escape velocity at periapsis

(5) Use Figure II-27a or II-27b to determine the ratio of retro-impulse to

escape velocity at periapsis, and multiply this ratio by the escape

velocity obtained in (3).

It is convenient to choose the orbit such that the ratio of apoapsis to periapsis is one
of those plotted in Figure II-27a or 27b, Since it is sometimes convenient to specify
orbital altitudes above the surface, Table II-1 is included to facilitate the conversion.
The Table also includes various other data for the planets.
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An estimate of the retro-propulsion system weight can be made by using this data in con-

junction with information in Section IV-G of this document.

Earth Orbit Requirements

Figure II-28 depicts the velocity required for Earth orbits. The circular orbit
characteristic velocities assume a Hohmann transfer from the reference 100 n. mi, initial
parking orbit, The curves for circular and eccentric orbits in Figure II-28 are not
related to any particular launch site, However, the curve labeled circular equatorial
orbits from ETR show the characteristic velocity requirements to establish a circular
orbit with zero degree inclination after launching due east from ETR. The calculation is
based upon the plane change being optimally divided between the two impulses of a Hohmann
transfer, Synchronous altitude is indicated on this curve.

More general Earth orbital data are contained in Figure II-29, where the total
characteristic velocity requirement for orbits of arbitrary perigee and apogee are shown.
The velocity contours of Figure II-29 are based upon the assumption of a transfer orbit
with perigee at 100 n. mi. and apogee as shown along the abscissa, followed by a second
impulse to raise perigee or, if sufficiently large, to establish a new apogee with the
apogee of the transfer orbit becoming the perigee of the final orbit. The more efficient
maneuver involves establishing the transfer orbit with apogee being the final apogee value,
while using the second impulse to establish a new perigee, rather than transferring first.
to the new perigee and then raising the apogee. The difference between the two techniques
is significant only for very high energy orbits. The coast time in the initial transfer
orbit may be limited by system considerations. The coast time from 100 n. mi. to any
transfer apogee may be estimated from Figure II-28.

The total characteristic velocity shown in Figure II-29 includes the velocity
impulse required at the apogee of the initial transfer orbit. This impulse is shown as
a separate item in Figure II-30 to assist in defining possible energy management problems

or to estimate independent kick motor requirements,
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As mentioned above, Figures II-28, II-29, and II-30 assume an initial altitude of
100 n. mi. This restriction does not apply to the more general method, discussed below,
of estimating Earth orbital impulse requirements. This general technique must be used if
the initial orbit is not at 100 n. mi., or if a plane change is included.

This general method has been developed for estimating the velocity increments
required to transfer between Earth orbits subject only to the restriction that the
impulses are applied at either perigee or apogee. An intermediate circular orbit may be
required if the initial and final orbits do not have a common line of apsides.

Figures II-3la and II-31b illustrate the relationship between the horizontal
inertial velocity at a specified reference altitude, and the altitude of the other apsis,
for any Earth orbit. Figure II-3la presents this relationship on log-log paper to allow
the consideration of apsis altitudes up to 500,000 n. mi, Figure II-31b is restricted to
the lower altitudes and is plotted on linear coordinates with velocity increments of
200 ft/sec.

In brief, either Figure II-3la or II-31b, as appropriate, can be used to find
the horizontal velocity which must exist at the reference altitude before and after an
impulse is applied. The magnitude of the required impulse for coplanar orbits is then
simply the absolute magnitude of the difference between these velocities. For low
altitudes this difference can be obtained more accurately from Figure II-31lc where circular
velocity has been subtracted from the orbital velocity.

For orbits which are not coplanar, but which have a common line of apsides,
Figure II-32a or II-32b is also needed to compute the vector magnitude of the impulse
required to alter the altitude of the other apsis of the initial orbit and change the
plane of the orbit simultaneously. To use these figures, the initial velocity and the
final velocity are obtained from Figure II-3la or II-31b for the reference altitude (i.e.,
the altitude at which the impulse is assumed to occur). As in the coplanar case, these
inertial velocities are functions only of the other apsides, before and after the impulse,
and are not dependent on the plane change. By entering Figure II-32a or II-32b at the
computed value of the ratio of these velocities and interpolating at the specified

plane change angle, the ratio of required velocity increment to final velocity is read
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from the ordinate. This is the total velocity increment required to change the other
apsis and the plane of the orbit simultaneously.

If the initial and final orbits have a common apsis altitude, a single-impulse
maneuver is possible., If not, a two-impulse maneuver may be analyzed by hypothesizing
an intermediate transfer orbit, In general, the intermediate transfer orbit can be formed
with either apsis of the initial orbit connected to either apsis of the fimal orbit, but,
in general, the sum of the velocity increments will be minimized if the lowest and highest
altitudes possible are used for the two impulses. 1In particular, if a plane change is
needed, it should be performed at the highest altitude possible. Although a true optimum
maneuver may dictate that a small part of the total plane change should be done at the
lower altitude, the improvement is usually small., In any event, regardless of the number
of impulses used, the user must specify a logical sequence of impulses and treat these
one at a time, always using the altitude at which the particular impulse is applied as
the ""reference altitude" of Figures II-3la or 31b., Reference II-17 contains example
solutions based upon this technique.

Certain special types of Earth orbits are noteworthy., For example, because the
Earth's oblateness causes a precession of the orbital plane about the polar axis, it is
possible to select an orbit that precesses at the same angular velocity as that of Earth
about the Sun. As a consequence, the orbit maintains a constant orientation with respect
to a line from the Sun to Earth, Figure II-33 presents the characteristic velocity and
inclination requirements for circular "Sun-synchronous orbits'. The launch azimuth
penalty for a WIR launch is included in the characteristic velocity. The characteristic
velocity for an ETR launch with no azimuth restrictions would differ from those shown by
less than 20 ft/sec.

In addition to causing a precession of the orbital plane, the oblateness of
Earth also causes the line joining perigee and apogee to rotate within the orbital plane.
This rotation can be eliminated if an orbital inclination of 63.4° is selected.

Missions to the stable libration points in Earth-Moon space can be considered
as special Earth orbits. These points lie about 208,000 n, mi. from the center of Earth
along lines 60° on either side of the line joining Earth and the Moon. Since the

influence of the Moon would be much smaller than that of Earth during establishment of this
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position, a good first approximation to the mission requirement assumes that the character-

istic velocity requirement is the same as that for a circular orbit with 208,000 n. mi.

radius,

Additional data on Earth orbits may be found in Reference II-18 and II-19.

Lunar Mission Requirements

Figure II-34 presents characteristic velocity requirements and equivalent hyper-
bolic excess velocity at the Moon for lunar missions as a function of trip time for the
Moon at perigee and at apogee. In general, characteristic velocity requirements and
approach velocities will lie between these pairs of curves. Retro-propulsion requirements
for orbiter missions can be found using the equivalent hyperbolic excess velocity together
with data in Figures II-26, and II-27a or 27b by following the procedure described on
page II-7, If this procedure is used, orbits should be restricted to those with apolunes
less than 22 lunar radii (equivalent to an altitude of about 19,600 n, mi.)., For additional

information see References II-18, II-19, and II-20.

Cautionary Note

Mission requirements data presented here are based upon specific trajectories.
In using these data in conjunction with launch vehicle capability data in Section IV, it
should be borne in mind that operations involving specific parking orbits, plane changes,
and orbit circularization may require staging, coasting, or multiple burning of a stage
beyond the capability of a particular launch vehicle. Related detailed questions should

be referred to NASA OSSA Launch Vehicle and Propulsion Programs.

Conversion Charts

Figures II-35, II-36a, and II-36b are included for rapid conversion from the
characteristic velocity used in this document to hyperbolic excess velocity, Earth Mean
Orbital Speed (EMOS), and the energy parameter C3. Figure II-37 contains conversions from

traditional engineering units (ft/sec, lbm, and 1bf) to metric units (m/sec, kg, and nwt).
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Note: Required VC has been corrected

for launch site and azimuth.

150
36
35 140
3k 1]
1
33 130
32 Vi
Yy
o
1
9 E 31 v 120
=]
» 8 =
0 7
S b O
~N 0 f
$ O 7 A
- O ; s
5 5 29 110
el 7]
p— 1'
28 I -' "4
e i 2
bt >
= 0 2
o7 i 100
Lot =
26
25 90
100 500 1000 3000

Orbit Altitude, n. mi.

FIGURE II-33. INCLINATION AND VC OF CIRCULAR
SUN SYNCHRONOUS ~ORBITS

Orbit Inclination, degrees



5,000
=, 36,0001 4
i Moon at apogee
B 4,000
|Moon at perigee
35,900t i e
N

35,780 b - SEBih:hi ehicesit HHieees
I 2 3
Trip Time, days

FIGURE II-34. LAUNCH CHARACTERISTIC VELOCITY REQUIRE-

MENTS AND APPROACH VELOCITIES FOR
LUNAR MISSIONS

13000

2,000

Approach Velocity , ft/sec

Equivalent




Hyperbolic Excess Velocity,ff/secxl0'3

I1=-52

90

80

- _
T
1
IREE N

70

60

I I
i INI
| Il
=

1
% 2

4G

20

Note: Ordinate is residual velocity at

"infinite" distance from Earth.

The Earth Mean Orbital Speed

(EMOS) used as the unit refer-

ence is 97,710 ft/sec.

R
T T T T T T

40 50 60 70 80

-3
VC , ft/sec x 10

FIGURE TI-35. CONVERSION CHART, Vo TO HYPERBOLIC

EXCESS VELOCITY




TO

60

II-53

50

4o~

30

20

10

33

3k

35 36 37 38 39 Lo L1 Lo

Vos ft/sec x 1073

FIGURE II-36a. CONVERSION CHART, VC TO C

3




II-54

220 -

200

180

160

140

Km2
sec

03,

120

100

80 -

60

Lo Lo 4L L6 48 50 52 5k 5¢ 58 60
VC’ ft/sec x lO_3

FIGURE II-36b. CONVERSION CHART, V, TO C, (Cont*d)

62




II-55

Metric Unit (m/sec or kg x 10™)
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TABLE II-|. PLANETARY CHARACTERISTICS‘G)

Mercury Venus Earth Mars Jupiter Saturn Uranus Neptune Pluto

Semi-major Axis, a. u,(b) .387099 .723332 1.000000 1.523692 5.202803 9.538843 19.182110 30.057416 39.373641
Eccentricity .2056203 .0068064 .0167385 .0933405 .0483865 .0548488 .0478624 .0085516 .2488033
Perihelion, a. u, .307503 .718408 .983262 1.381469 4.951058 9.015648 18.264008 29.800377  29.577349
Aphelion, a. u. 466694 .728255 1.016739 1.665914 5.454549 10.062038 20.100212 30.314455 49.169933
Inclination, degrees

Orbit to Ecliptic 7.003638 3.394023 0.000000 1.850070 1.306528 2.490850 .772939 1.775675 17.169866

Equatorial to Orbit - () -- () 23.,449722 25.2000 3.11500 26.74500 97.5900 29.0000 -- (o)
Mean Orbital Velocity(EMOSXd) 1.607271 1.175794 1.000000 .810124 .438411 .323782 .228324 .182399 .159367
Period (Earth years) . 240842 .615186 1.000000 1.880813 11.867413 29.460733 84.012627 164.788714  247.063373
Radius, n, mi. 1315 3268 3444 1832 38538 32614 12708 12054 3788
Mass (Earth=1) .054972 .805097 1.000000 .106141 314.018416 93.992913 14.343655 17.076843 .181512
Gravitational Parameter(e),

£t3/sec? 7.833653+14 1.147276+16 1.425015+16 1.512529+15 4.474810+18 1.339413+18 2.043992+17 2.433476+17 2.586575+15

Sphere of Influence,

Radius, a.u. .0007534 .0041196 .0062112 .0038586 .3222507 .3646768 .3457282 .5808836 .0928316
Period of Rotation, 58.67 242.6 1.0 1.02596 .41069 .42639 .45069 .5833 6.39

Earth days
Escape Velocity at

Surface, ft/sec 14004 33994 36905 16484 195500 116267 72762 81517 14991
No. of Satellites 0 0 1 2 12 9 5 3 0
(a) Data adapted from Reference II-22.
(b) 1 a.u. = 80,776,000 n. mi.
(c) VUncertain
(d) EMOS = 97,710 ft/sec.
(e) The +n following each number indicates power of 10.
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SECTION III

LAUNCH SITE FACTORS

The Eastern Test Range (ETR) is used for launches for which it is feasible to
employ the rotation of Earth to increase the velocity of the vehicle - that is, for
launches predominantly eastward. The Western Test Range (WIR) is used chiefly for
southerly launches, often slightly retrograde, for near-polar orbits. Scout is the
only launch vehicle considered in this document for which there are facilities at Wallops
Island. Scout is also launched by Italy from the San Marco Platform near the equator
on the east coast of Africa.

The vehicles for which launch facilities are available or planned at the Eastern
and Western .Test Ranges, and at San Marco and Wallops Island are as follows:

Wallops Island

and

Eastern Test Range San Marco

Western Test Range

Delta (Various Scout Scout
Configurations) oy R II*

SLV3C/Centaur Delta (Various

Titan IIIC Configurations

Titan ITIID SLV3A/Burner II

Titan ITID/Centaur TAT(3C) /Agena

Saturn IB

Saturn V

Titan IIIB/Agena
Titan IIID

The figures in this section give an approximate velocity increment that must be
either added to the mission velocity requirement or subtracted from the launch vehicle
capability for any launch that is not in an eastward direction from the ETR. Figure's III-la
and III-1b show the velocity penalty and launch azimuth as functions of orbit inclination
for the ETR. Figure III-la shows the velocity penalty for the values of launch azimuths
normally permitted by nominal range safety requirements, Figure III-1b shows the velocity
penalty for the expanded range of launch azimuths possible where flights outside the

normal azimuth limits are possible (e.g., as expected for the proposed space shuttle).

* Where convenient, the abbreviation BII will be used to designate Burmer II.
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Figure III-2, III-3 and III-4 present data similar to that in Figure III-la for the WI
Wallops Island, and San Marco, respectively. Azimuth angle is measured in a clockwise
direction from geographical north in the horizontal plane at the launch point. Earth
orbital inclination is defined as the angle between the angular momentum vector of the
orbit and the North Pole. This is equivalent to the angle between the Earth equatoria
plane and the plane of the orbit for prograde orbits and 180° minus this angle for ret
grade orbits, The corrections shown are approximated as the difference between the lc
Earth surface velocity in the direction of launch and the Earth surface velocity in an
eastward direction at the ETR. A more precise determination of these corrections would
require consideration of other factors related to the launch.

Figures III-la, III-2, III-3 and III-4 also display generalized limits impos
on launch azimuth due to range safety considerations, There are specific range safety
limits associated with each launch vehicle. These safety limits can be waived, but
flights outside these limits require special clearances. Questions on the subject sho
be referred to NASA OSSA Launch Vehicle and Propulsion Programs,

The launch azimuth corresponding to a given orbit inclination was computed
assuming that injection into a 100 n, mi. orbit takes place directly over the launch s
The relationships between launch azimuth and orbit inclination, for the four launch si
are shown for a broader range of inclinations in Figure III-5. For orbital inclinatig
unattainable by direct injection, a plane change maneuver must be performed. For fina
orbits other than circular, specific calculations must be performed considering apses

and angles involved. Refer to Section II for the appropriate procedure.
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SECTION IV

LAUNCH VEHICLE PERFORMANCE DATA

The following sections give performance data for existing, expected, and possible
payload delivery systems., Section IV-A contains generalized performance data (payload
weight versus characteristic velocity) for various expendable chemical launch vehicles,
Section IV-B contains specific Earth orbital performance data for certain existing,
planned and proposed expendable chemical launch vehicles. Section IV-C contains currently
projected performance data for possible future space shuttle vehicles. Section IV-D
presents performance data for selected velocity packages for use with small payloads.
Section IV-E contains representative data on solar-electric spacecraft performance with a
few launch vehicles., Section IV-F contains representative performance data for nuclear-
thermal, and nuclear-electric propulsion systems, Section IV-G provides data for estimating
retro=propulsion system weights, for sizing apogee kick motors and for other gimilar
spacecraft propulsion systems.

For launch vehicles employing chemical and nuclear-thermal propulsion systems,
payload is considered to include all elements normally associated with the spacecraft
that must be accelerated to a required final velocity. The performance data are based
on a representative adapter (except in Section IV-B where no allowance for an adapter is
included) and shroud configurations and weights, as listed in Table IV-1, Performance
reserves have been retained in Sections IV-A, IV-B, and IV-C, but not in IV-D through IV-G,

Vehicles are listed in Table IV-1 in order of first appearance in Section IV-A
and IV-F. In Section IV=B, shrouds are identical to those given for the same vehicles in

Section IV-A, but no payload adapter weight has been allowed in Section IV-B. Payload
adapter weights for the velocity packages in Section IV-D are listed separately in
Table IV-D-1,

For those vehicles involving solar-electric and nuclear-electric propulsion
systems in Section IV-E and IV-F, adapter weights are considered to be included with the
propulsion systems. Shrouds are the same as for the corresponding base vehicles in
Section IV-A. Shroud and adapter data for vehicles using nuclear-thermal propulsion

stages in Section IV-F are listed in Table IV-1.
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Missions employing solar-electric or nuclear-electric propulsion systems are
not always amenable to a clear distinction between delivery system and payload. Since :
significant portion of the total mission energy is provided by the spacecraft propulsic
system over an extended time period, the performance of low thrust spacecraft must be
presented on a total vehicle and mission-by-mission basis. Data in Sections IV-E and
IV-F are presented in such a way that payload is exclusive of the low thrust primary p:

pulsion system; thus, the payload is compatible with the definition given for vehicles

employing chemical or nuclear-thermal propulsion.
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TABLE IV-1, PAYLOAD ADAPTER AND SHROUD DATA (VEHICLES LISTED IN ORDER OF APPEARANCE)
Payload
Adapter Shroud
Weight™ Weight Shroud
Launch Vehicle 1b 1b Configuration
Figure IV-A-1
Scout 12 264 Scout
Scout(Algol III) 12 264 Scout
Scout(5-Stage) 3.5 280 Scout, Extended
Scout(Algol III) (5-Stage) 3.5 280 Scout, Extended
Thor/BII(1440) o 20 273 Burner II
TAT (3C) /Delta (TSE) (300)" 50 543 Delta
TAT (3C) /Delta (TSE) /TE364 (1440) (303) 20 543 Delta
TAT (6C) /Delta (TSE) (600) 60 543 Delta
TAT (6C) /Delta (TSE) /TE364 (2300) (604) 20 543 Delta
TAT(9C) /Delta(TSE) (900) 80 543 Delta
TAT(9C) /Delta (TSE)/TE364(2300) (904) 20 543 Delta
Figure IV-A-2
TAT (3C) /Agena 100 587 Agena Long Shroud
SLV3A/BII(1440) 20 830 Atlas/BII
Titan IIIB(Str. CI)/Agena 100 2310 Martin(UPLF)
SLV3C/Centaur 116 2046 Surveyor
SLV3C/Centaur /TE364(2300) 20 2046 Surveyor
Titan IIIC 230 1967 Martin(UPLF)
Titan IIID 230 6000 Viking
Titan IIID/Centaur 116 6000 Viking
Titan IIID/Centaur/TE364(2300) 20 6000 Viking
Saturn IB 1600 5600 Voyager
Saturn V 1600 5600 Voyager
Figure IV=-A-3
TAT(H1-3C)/Delta(TSE) 50 543 Delta
TAT(H1-9C)/Delta (TSE) 80 543 Delta
TAT(H1-3C)/Delta (TSE)/TE364 (2300) 20 543 Delta
TAT(H1-9C)/Delta(TSE)/TE364(2300) 20 543 Delta
Titan IIIB(Str. CI)/Delta(TSE) 90 543 Delta
SLV3C/Delta(TSE) 80 535 Delta
Figure IV-A-4
Titan IIIB/Centaur 116 6000 Viking
Titan IIIB(Str. CI + 2A3)/Centaur 116 6000 Viking
Titan ITIB(Str. CI + 2A3)/Centaur/TE364 (2300) 20 6000 Viking
Titan IIID(7) 230 6000 Viking
Titan ITIC(7) 230 1967 Martin (UPLF)
Titan IIID(7)/Centaur 116 6000 Viking

N
D
%%k

Performance data  in Section IV-B are given without adjustment for payload adapter.
Vehicle contractor designations.
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TABLE IV-1, PAYLOAD ADAPTER AND SHROUD DATA (VEHICLES LISTED IN ORDER OF APPEARANCE)

(Continued)
Payload
Adapter Shroud
Weight Weight Shroud
Launch Vehicle 1b 1b Configuration

Figure IV-A-5

260(3.7) /SIVB(J2S) 1600 5600 Voyager

4 x 1563/SIVB(J2S) 1600 8200 Large Voyager

SIC(4F1) /SIVB 1600 5600 Voyager

SIC(4F1) /SIVB(J2S) 1600 5600 Voyager

SIC/SII 7730 5600 Voyager

Saturn IB/Centaur 300 5600 Voyager

260(3.7)/SIVB(J2S) /Centaur 300 5600 Voyager

4 x 1563/SIVB(J2S) /Centaur 300 8200 Large Voyager

SIC(4F1) /SIVB(J2S) /Centaur 300 5600 Voyager

Saturn V/Centaur 300 5600 Voyager
Figure IV-A-6

TAT(3C)/BII(2300) 20 273 Burner II

TAT(9C) /BII (2300) 20 273 Burner IT

SLV3A/BII(2300) 20 830 Atlas/BII

SLV3A/BE BII(2-burn) 20 830 Atlas/BII

TAT(9C) /Delta(TSE) /BII(2300) 20 543 Delta

TAT(H1-9C) /Delta(TSE) /BE BII(2-burn) 20 543 Delta

SLV3C/Centaur/BII(2300) 20 2046 Surveyor

SLV3C/Centaur/Be BII(l-burn) 20 2046 Surveyor

Titan IIIB(Str. CI + 2A3)/Centaur/BE BII(1l=burn) 20 6000 Viking
Figure IV-A-7

Titan IIIC/BII(2300) 20 1967 Martin(UPLF)

Titan IIID/Centaur/BII(2300) 20 6000 Viking

Titan IIID/Centaur(Str.)/BII(2300) 20 6000 Viking

Titan IIIC(7)/BII(2300) 20 1967 Martin(UPLF)

Titan IIID(7)/Centaur/BII (2300) 20 6000 Viking

Titan IIID(7)/Centaur(Str.)/BII(2300) 20 6000 Viking

Titan IIIC/BE BII(l-burn) 20 1967 Martin(UPLF)

Titan ITIIC(7)/BE BII(l-burn) 20 1967 Martin (UPLF)
Figure IV-A-8

TAT(9C)/VUS 60 1000 New

TAT(9C) /VUS/TE364 (2300) 20 1000 New

SLV3C/VUS 60 1000 New

Titan IIIB(Str. CI)/VUS 60 1000 New

Titan IIIB(Str. CI + 2A3)/Centaur/VUS 60 6000 Viking

SLV3C/Centaur/VUS 60 2046 Surveyor

Titan IIID/Centaur/VUS 60 6000 Viking

Titan IIID(7)/Centaur/VUS 60 6000 Viking

260(3.7)/SIVB/Centaur/VUS 60 5600 Voyager

4 x 1563/SIVB(J2S)/Centaur/VUS 60 8200 Large Voyager

SIC(4F1)/SIVB(J2S)/Centaur/VUS 60 5600 Voyager
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TABLE IV-1. PAYLOAD ADAPTER AND SHROUD DATA (VEHICLES LISTED IN ORDER OF APPEARANCE)

(Continued)
Payload
Adapter Shroud
Weight Weight Shroud
Launch Vehicle 1b 1b Configuration
Figure IV-A-9
Titan IIIB(Str. CI + 2A3)/Centaur (F) 60 6000 Viking
Titan IIIB(Str. CI + 2A3)/Centaur(F)/VUS 60 6000 Viking
Titan IIID/Centaur(F) 60 6000 Viking
Titan IIID/Centaur(F)/VUS 60 6000 Viking
Titan IIID(7)/Centaur(F)/VUS 60 6000 Viking
2 x 1207/CI/Centaur(F-Str.)/Centaur (F)/VUS 60 6000 Viking
260(3.7)/S1IVB/Centaur (F)/VUS 60 5600 Voyager
4 x 1563/SIVB(J2S)/Centaur (F)/VUS 60 8200 Large Voyager
SIC(4F1)/SIVB(J2S)/Centaur (F)/VUS 60 5600 Voyager
Figure IV-A-10
2 x 1207/LDCI/CII 1000 6000 Viking
2 x 1207/LDCI/CRY CII 1000 6950 New
4 x 1207/LDCI/CII 1000 6000 Viking
4 x 1207 /LDCI/CRY CII 1000 6950 New
2 x 1207/LDCI/CII/Centaur 300 6000 Viking
2 x 1207/LDCI/CRY CII/Centaur 300 6950 New
4 x 1207/LDCI/CII/Centaur 300 6000 Viking
4 x 1207 /LDCI/CRY CII/Centaur 300 6950 New
Figure IV-F-1
260(3.7) /SIVB(N) -- 5600 Voyager
260(3.7) /SIVB(N) /Centaur 116 5600 Voyager
SIC(4-F1) /SIVB(N) -- 5600 Voyager
SIC(4-F1)SIVB(N) /Centaur 116 5600 Voyager
4 x 1563/SIVB(N) -- 8200 Large Voyager
4 x 1563/SIVB(N) /Centaur 116 8200 Large Voyager
Figure IV-F-2
Saturn V-SIVB(N) -- 5600 Voyager
Saturn V-SIVB(N) /Centaur 116 5600 Voyager
2 x 1207/LDCI/SIVB(N) - 5000 New
2 x 1207 /LDCI/SIVB(N) /Centaur 116 5000 New
4 x 1207 /LDCI/SIVB(N) -- 5000 New
4 x 1207/LDCI/SIVB(N) /Centaur 116 5000 New
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(Continued)

TABLE IV-1, PAYLOAD ADAPTER AND SHROUD DATA (VEHICLES LISTED IN ORDER OF APPEARANCE)

Launch Vehicle

Payload
Adapter
Weight

Saturn V/Centaur(N)

SIC(4-F1) /SIVB(J2S) /Centaur (N)
260(3.7) /SIVB(J2S) /Centaur(N)

4 x 1563/SIVB(J2S) /Centaur(N)

2 x 1207/LDCI/LDCII/Centaur(N)
4 x 1207/LDCI/LDCII/Centaur(N)

Saturn V-SIVB(N) /Centaur (N)
SIC(4-F1) /SIVB(N) /Centaur(N)
260(3.7) /SIVB(N) /Centaur (N)
4 x 1563/SIVB(N) /Centaur(N)
2 x 1207/LDCI/SIVB(N) /Centaur(N)
4 x 1207/LDCI/SIVB(N) /Centaur(N)

Figure IV-F-3

Figure IV-F-4

Shroud
Weight Shroud
1b Configuration
5600 Voyager
5600 Voyager
5600 Voyager
8200 Large Voyager
5000 New
5000 New
5600 Voyager
5600 Voyager
5600 Voyager
8200 Large Voyager
5000 New
5000 New
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SECTION IV-A

GENERALIZED PERFORMANCE DATA FOR ILAUNCH
VEHICLES USING CHEMICAL PROPULSION

The figures in this section present performance capability data for expendable
launch vehicles using chemical propulsion only, Capabilities are given in terms of plots
of payload weight versus characteristic velocity (VC). The latter quantity is defined
in Section VI.

Performance reserves have been included in all data presented in this section..
For vehicles having only liquid propellant upper stages this reserve was established as
1.5% of the characteristic velocity. For vehicles with solid propellant upper stages,

a reserve of 0,5% of the velocity contribution of the solid propellant upper stage(s)
and 1.5% of the velocity contribution of the rest of the vehicle was assumed. Scout
vehicles were treated separately., For these a reserve of 0.5% of the total vehicle
characteristic velocity was assumed.

Performance data for vehicles available in the 1971-1975 time period are
presented in Figures IV-A-1 and IV-A-2, Figures IV-A-3, and IV-A-4 present the performance
of improved launch vehicles that might possibly be available in the 1971 to 1975 time period.
Figure IV-A-5 illustrates the performance of some possible near-term Saturn class launch
vehicles. Performance for selected launch vehicles utilizing the Burner II(2300) and
Beryllium Burner II velocity packages are shown in Figure IV-A-6. In Figure IV-A-7
performance data for various Titan vehicle options for interplanetary missions are shown.
Figures IV-A-8 and IV-A-9 illustrate the performance achievable using hydrogen-fluorine
(H2/F2) in upper stages. In Figure IV-A-8 the performance of selected launch vehicles
using a possible H2/F2 Versatile Upper Stage (VUS) is presented. In Figure IV-A-9 the
performance of selected launch vehicles using a possible future HZ/FZ Centaur in
combination with a possible H2/F2 VUS is shown. Finally, the performance of selected
proposed large diameter core Titan vehicles is presented in Figure IV-A-10. The vehicles
shown in Figures IV-A-3 through IV-A-10, or equivalent vehicles, could become available
when there are sufficient mission requirements to justify the expenditure of development

funds.
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This subsection contains data for only a few of the possible expendable chemical
propulsion launch vehicles that could be postulated, Those included were selected as
reasonable alternatives on the basis of the requirements for improved performance as
indicated by analysis of recently proposed missions, analysis of expected costs, and
anticipated difficulty of development. The selections should be regarded as constituting
the best current estimate of likely candidates from which a family of expendable launch
vehicles could be chosen for OSSA applications over the next 20 years.

The data on these expendable launch vehicles are provided by the Director of
Launch Vehicle and Propulsion Programs for use by OSSA mission planners, In all cases,
the data are the best estimates available for the mission applications of interest in
OSSA planning.,

The data may be used in the following manner, For solar system missions, the
curves in Section II can be used to convert the desired destination and flight time into
a required characteristic velocity (VC) for the mission. For orbital missions, the curves
of Section II can be used in the same manner to convert the desired apogee and perigee
into a required V. For all missions that are to be launched due east from the ETR, these
values of V; can be used directly with the curves of this section to obtain the payload
deliverable by the various launch vehicles. If the mission is to be launched at some
other launch azimuth or from one of the other launch sites, the Vi must be modified by
the corrections given in Section III, This modified V; can then be used with the curves
of this section to obtain payload capabilities for various expendable launch vehicles, It
should be remembered that the weight of any velocity packages, kick motors, or other
systems necessary to accomplish the mission must be added to the basic spacecraft weight
to determine the total payload which must be delivered by the launch vehicle.

The mission planner is warned against the indiscriminate use of the generalized
performance curves in this subsection for estimating launch vehicle capabilities for Earth
orbital missions. Specifically, the Earth orbital performance of vehicles which use
solid propellant or other nonrestartable final stages (such as Burner II or Core II on

Titan IIID) cannot be obtained by the above procedure. For Scout, Delta (various




respectively.

solid rocket motor strapons,
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orbital missions.

configurations), SLV3C/Centaur(single burn), TIIIC(single burn Transtage and TIIID configu-

rations, the curves of Section IV-B must be used in estimating capability for Earth

Launch Vehicle Performance Available in

1971-1975 (Figures IV-A-1, Group 1,

and IV-A-2, Group 2)

Group 1

Scout

Scout(Algol IITI)

Scout (5-Stage)

Scout (Algol IIT) (5-Stage)

Thor/BII (1440)

TAT(3C) /Delta(TSE) (300)

TAT(3C) /Delta(TSE) /TE364 (1440) (303)
TAT(6C) /Delta(TSE) (600)

TAT(6C) /Delta (TSE) /TE364(2300) (604)
TAT(9C)/Delta(TSE) (900)

TAT(9C) /Delta (TSE)/TE364 (2300) (904)

Scout (Algol III) designates an uprated version of the standard 4-stage Scout,
It has a 44-inch-diameter Algol III solid propellant first stage.

vehicles use a BE-3 solid propellant motor as the fifth stage.

It has been integrated with the Thor and SLV3A boosters.

using the Titan Transtage engine with a 40:1 expansion ratio nozzle.

Group 2

TAT(3C) /Agena
SLV3A/BII(1440)

Titan IIIB(Str. CI)/Agena
SLV3C/Centaur
SLV3C/Centaur/TE364(2300)
Titan ITIC

Titan ITID"

Titan IIID/Centaur

Titan IIID/Centaur/TE364(2300)

Saturn IB

Saturn V

Atlas vehicles originally designed for use with Agena and Centaur upper stages,

BII(1440) is the Burner II upper stage with a 1,440 1b propellant loading.

Augmented Thor boosters that consist of the long tank Thor(DSV2L) booster with n Castor II

The Delta (TSE) is an uprated version of the Delta stage

TE364(2300) are spin stabilized solid rocket motors.

Note that Core II does not have a restart capability.

The 5-stage Scout

The SLV3A and SLV3C are

TAT(nC) refers to the Thrust-

TE364 (1440) and
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The TAT/Delta vehicles are frequently identified by a thrée-digit numerical de
ignation. 1In the above list and in Figure IV-A-1 these designations are listed in parer
theses beside the vehicle names. The first digit corresponds to the number of Castor Il
solid rocket motors that are strapped to the Thor booster. The second digit (a zero fo:
the vehicles shown here) identifies the second stage as being the Delta(TSE). The thirc
digit indicates whether and/or which third stage is involved. Thus, a zero (0) indicate
a two-stage vehicle, a three (3) indicates that the vehicle has a TE364 (1440) third stag

and a four (4) indicates that the third stage is a TE364(2300).

Titan IIIB is the basic 2-stage Titan core. (Str. CI) indicates a stretched
version of Core I. The Titan IIIC employs the basic core with two 5-segment, 120=-inch-
diameter solid rocket motor strapons as a ''zero'" stage and the Titan Transtage as the
third stage. The Titan IIID is a Titan IIIC without Transtage. The Saturn IB consists
of the SIB booster with an SIVB upper stage, and is sometimes designated as the upratedi
Saturn I.

The Scout (4- and 5-stage), SLV3C/Centaur/TE364(2300), TAT(6C)/Delta(TSE)/
TE364(2300), TAT(3C)/Delta(TSE)/TE364(1440), and Titan IIID/Centaur/TE364(2300) employ
spin-stabilized final stages. Hence, payloads for these vehicles must be capable of
withstanding the spin and must either operate while spin stabilized or have appropriate
de-spin devices.

1971-1975 Improved Launch Vehicle

Performance Possibilities
(Figures IV-A-3, Group 1, and IV-A=4, Group 2)

Group 1 Group 2
TAT(H1-3C) /Delta(TSE) Titan IIIB/Centaur
TAT (H1-9C) /Delta(TSE) Titan IIIB(Str. CI + 2A3)/Centaur
TAT(H1=-3C) /Delta(TSE)/TE364 (2300) Titan IIIB(Str. CI + 2A3)/Centaur/TE364 (230
TAT(H1-9C) /Delta(TSE)/TE364 (2300) Titan IIID(7)
Titan IIIB(Str. CI)/Delta(TSE) Titan IIIC(7)
SLV3C/Delta(TSE) Titan IIID(7)/Centaur
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In the near future a version of the TAT booster with the more powerful Hl engine,

sed on the Saturn IB first stage, replacing the current MB-3 Thor engine may be developed.

ese TAT configurations are designated above as TAT(Hl-nC) with n depending on the number
f Castors used. The proposed Titan IIIB(Str. CI + 2A3) consists of a stretched Core I
ith two Algol III solid rocket motor strapons (used for thrust augmentation) and a
standard Core II. The Titan IIIC(7) and Titan IIID(7) would use the stretched Core I

ith 7-segment, 120-inch-diameter solid rocket motor strapons used as a 'zero'" stage.
The Titan IIIC(7) would also have a stretched version of the Transtage, sized to provide

optimal tankage for synchronous equatorial missions.

Possible Near Term Saturn Class
Launch Vehicles (Figure IV-A-5)

260(3.7) /SIVB(J2S) Saturn IB/Centaur

4 x 1563/SIVB(J2S) 260(3.7) /SIVB(J2S) /Centaur
SIC(4F1) /SIVB 4 x 1563/SIVB(J2S)/Centaur
SIC(4F1) /SIVB(J2S) SIC(4F1) /SIVB(J2S) /Centaur
SIC/SIL Saturn V/Centaur

The 260(3.7) booster is a 260-inch-diameter solid propellant motor with a
propellant loading of approximately 3.4 million pounds. Other solid propellant boosters
can also be constructed by clustering 156-inch-diameter solid rocket motors within an
appropriate structure., The 4 x 1563 is a cluster of four, 3-segment, 156-inch-diameter
motors. The SIC(4-Fl) is a version of the SIC with four Fl engines (instead of the usual
five) for use with the SIVB, The SIC(4F1l)/SIVB is often called the Intermediate 20
(Int 20) and the SIC/SII is called the Intermediate 21 (Int 21). When considering the
use of the Int 21 it should be remembered that the SII does not have a restart or
extended coast capability as now configured, The SIVB(J2S) would be powered by the J2C

engine which is a proposed modification to the standard J2 engine.
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Performance of Selected Vehicles With the
Burner II(2300) and Beryllium Burner II
Velocity Packages (Figure IV-A=6)

TAT(3C)/BII(2300) TAT(H1-9C) /Delta(TSE)/BE BII(2-burn)
TAT(9C)/BII(2300) SLV3C/Centaur/BII (2300)

SLV3A/BII(2300) SLV3C/Centaur/BE BII(1l-burn)

SLV3A/BE BII(2-burn) Titan IIIB(Str. CI + 2A3)/Centaur/BE BII(l=-burn)

TAT(9C) /Delta(TSE)/BII(2300)

This Figure illustrates the performance increase available for missions involving
small payloads through the use of a small upper stage as a velocity package. BII(2300) is
the Burner II upper stage loaded with 2300 pounds of a conventional solid propellant. The
BE BII is a possible Burner II stage built around a proposed solid rocket motor using a
high energy propellant containing beryllium. This stage might be available in both 1l=-burn

and 2-burn configurations.

Performance of Various Titan Vehicle Options for
Interplanetary Missions (Figure IV-A-7)

Titan ITIIC/BII(2300) Titan IIID(7)/Centaur/BII(2300)

Titan IIID/Centaur/BII(2300) Titan IIID(7)/Centaur(Str.)/BII(2300)
Titan IIID/Centaur(Str.)/BII(2300) Titan IIIC/BE BII(l-burn)

Titan ITIC(7)/BII(2300) Titan IIIC(7)/BE BII(l=-burn)

This Figure shows the performance of several Titan-based vehicles with either
the Burner II(2300) or Beryllium Burner II velocity package:; The Centaur(Str.) is a

proposed stretched Centaur that would have a propellant capacity of approximately 45,000

pounds.

Performance of Selected Launch Vehicles

With a Possible H,/F, Versatile Upper

Stage (VUS) (Figure IV-A-8)

TAT(9C) /VUS Titan ITID/Centaur/VUS
TAT(9C) /VUS/TE364 (2300) Titan IIID(7)/Centaur/VUS
SLV3C/VUS 260(3.7)/81VB/Centaur/VUs
Titan IIIB(Str. CI)/VUS 4 x 1563/SIVB(J2S)/Centaur/VUS
Titan IIIB(Str. CI + 2A3)/Centaur/VUS SIC(4F1)/SIVB(J2S)/Centaur/VUS

SLV3C/Centaur/VUS
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The Versatile Upper Stage (VUS) is a concept currently being studied by NASA.
The performance shown here is based on assumed VUS characteristics pending the outcome
of contractor studies. These studies may lead to different VUS characteristics including

selection of a different propellant.

Performance of Selected Launch Vehicles with Possible
Future Centaur (F) and Possible Hy/Fy Versatile

Upper Stage (VUS) (Figure IV=A-9)

Titan IIIB(Str. CI + 2A3)/Centaur(F) 2 x 1207/CI/Centaur(F-Str.)/Centaur (F)/VUS
Titan IIIB(Str. CI + 2A3)/Centaur(F)/VUS 260(3.7)/SIVB/Centaur (F)/VUS

Titan IIID/Centaur(F) 4 x 1563/SIVB(J2S)/Centaur (F)/VUS

Titan IIID/Centaur (F)/VUS SIC(4F1)/SIVB(J2S)/Centaur (F)/VUS

Titan IIID(7)/Centaur(F)/VUS

The VUS is as described previously, Centaur (F) is based on design evolution
and concentrated development effort to employ hydrogen-fluorine propellants in the
Centaur, The 2 x 1207/Core I/Centaur(F-Str.) is a Titan ITIID(7) with the Core II
replaced by a stretched version of the Centaur (F), This stretched Centaur (F) would

carry 100,000 1b cf propellant.

Post-1975 Selected Possible Large Diameter
Core Titan Vehicles (Figure IV-A-10)

2 x 1207/LDCI/CII 2 x 1207/LDCI/CII/Centaur
2 x 1207 /LDCI/CRY CII 2 x 1207/LDCI/CRY CII/Centaur
4 x 1207/LDCI/CII 4 x 1207 /LDCI/CII/Centaur
4 x 1207 /LDCI/CRY CII 4 x 1207/LDCI/CRY CII/Centaur

The large diameter Core I (LDCI) is a 180-inch-diameter stage with a propellant
loading of 1,050,000 1b, The cryogenic Core II (CRY II) is a 180-inch-diameter
SIVB-like stage with a liquid HZ/OZ propellant loading of 193,000 1b. "CII" refers to
the standard Titan Core II, "2 x 1207" and "4 x 1207" refer, respectively, to 2 or 4
of the 7-segment, 120-inch-diameter solid rocket motor strapons. In cases where two
strapons are used, the LDCI is ignited at liftoff, 1In cases where four strapons are
used, the LDCI is ignited approximately 30-40 sec after liftoff, The use of the 156-inch-
diameter strapons has not been shown here because it is not currently coﬁsidered likely

that they would be used in the Titanvapplication.
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SECTION IV-B

EARTH ORBITAL CAPABILITY FOR
SELECTED EXPENDABLE LAUNCH VEHICLES

Because of constraints imposed on stage restart, coast time, guidance, and other
limitations, it is necessary to present separate data for estimating the Earth orbital per-
formance of Scout, Delta (various configurations), SLV3C/Centaur (single burn), Titan IIIC
(single burn), and Titan IIID launch vehicle configurations. Shown in Figures IV=-B-1,
IV-B-2, and IV-B-3, respectively, are the payload capabilities for Scout launches due
east from Wallops Island, due east from San Marco, and in polar orbits from the WTR.
Figures IV-B-4 and IV-B-5 show orbital capability for the current 5-stage Scout for
eastward launches from Wallops Island .and polar orbits from the WIR. Orbital capability
of possible future uprated Scout configurations using a 44-in.-diameter Algol III first
stage is presented in Figures IV-B-6 through IV-B-9. Data for the 4-stage Scout config-
uration with Algol III are shown in Figures IV-B-6 and IV-B-7 for launch from Wallops
Island and the WTR, respectively. Data for the 5-stage uprated vehicle are shown in
Figures IV-B-8 and IV-B-9 for Wallops Island and the WTR, respectively. All of the Scout
performance shown is based on the use of the standard, 34=-inch-diameter Scout shroud. A
larger, 42-inch-diameter shroud is available (see section V, Figure V-la and V-1b). When
the larger shroud is used the payload that the Scout vehicles can place in orbit is reduced
by approximately 25 pounds.

TAT(3C)/Delta(TSE) /TE364 (1440), with 3 Castor II thrust augmentation, data are
shown for east launches from the ETR in Figure IV-B-10 and polar orbits from the WIR in
IV-B-11. Data for the TAT(6C)/Delta(TSE)/TE364(2300) are shown in Figure IV-B-12 for the
ETR and in Figure IV-B-13 for the WTR. Data for the TAT(9C)/Delta(TSE)/TE364(2300) are
presented in Figure IV-B-14 and Figure IV-B-15 for the ETR and WTR, respectively.

The TAT/Delta vehicles are frequently identifed by a three-digit numerical desig-
nation. In the appropriate figures in this section these designations are listed in paren-
theses beside the vehicle names. The first digit corresponds to the number of Castor II

solid-rocket-motors that are strapped to the Thor booster for thrust augmentation. The
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second digit is always a zero (for the vehicles shown) and identifies the second stage as
the Delta (TSE). The third digit indicates whether and/or which third is involved. Thus,
a zero (0) indicates a two-stage vehicle, a three (3) indicates that the vehicle has a
TE364(1440) third stage, a four (4) indicates that the third stage is a TE364(2300).

Figure IV-B-16 shows the orbital capability of the SLV3C/Centaur (single burn)
for east launches from the ETR. Figures IV-B-~17 and IV-B-18 show a single-burn orbital
capability of the Titan IIIC with Operational Transtage for launches from the ETR and the
WTIR, respectively. Figure IV-B~19 shows the orbital capability for the Titan IIID for

launches from the ETR and the WTR.

In all cases, the curves shown represent the best data available at the date
of publication. Unlike the data in Section IV-A, no allowance has been made for payload
adapters. The payload values read from the graphs in this section must include the weight

of the spacecraft adapter. Range safety considerations (such as the impact point of lower

stages) may cause the Earth orbital performance of some vehicles to be less than that
given in this section. For information on this subject as well as for estimates or
orbital payload capabilities for other possible uprated TAT-based configurations and

for other vehicles with nonrestartable last stages, or other launch azimuths or perigee
values, contact Mr. J. E. McGolrick, Mr. B. C. Lam, or Mr. J. W. Haughey in Launch Vehicle

and Propulsion Programs of NASA OSSA.
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SECTION IV-C

SPACE SHUTTLE PERFORMANCE

This subsection presents currently projected data for proposed space
shuttle vehicles. The data are useful for making preliminary planning estimates for
missions using space shuttles. The use of such vehicles should be considered in planning
missions for the late-1970's and beyond.

Shuttle performance data presented in this subsection are based on information
available up to the mid-point of Phase B of the NASA Space Shuttle Program and were
obtained in cooperation with the NASA Space Shuttle Task Group Office. 1In Phase B, a
fully reusable two-stage shuttle design is being emphasized including considerations of
two shuttle orbiter configurations: a low-cross-range straight wing design and a high-
cross-range delta wing design. The data presented in this subsection pertain to the
straight wing orbiter. It is to have a nominal capability to deliver 25,000 pounds of
payload to a 270 n. mi. circular orbit at 55 degrees inclination and return to Earth
with an equivalent payload. Concurrent with Phase B, Phase A Review studies also are
being conducted to investigate alternative design concepts. 1In view of the preliminary
status of shuttle investigations, some revising and updating of design parameters and
performance data are to be expected as the program progresses.

A desired goal of current space shuttle investigations is to achieve a vehicle
with capabilities for serving a large number of users and a large number of mission and
payload applications. While the inherent versatility of reusable space shuttle vehicles
is to be recognized, the data presented in this subsection are restricted to two represen-
tative cases: (1) nominal performance capabilities and (2) maximum performance
capabilities. Nominal performance data assume that airbreathing engines and cruise pro-
pellants are included in the shuttle orbiter. Maximum performance data assume off-loading
the orbiter airbreathing engines and cruise propellants and trading the welght savings,
approximately 22,000 1b, for additional payload.

Typically, mission requirements can be defined in terms of spacecraft or net

payload weight and orbital specification or space destination. The first question to be
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considered in planning for the use of a shuttle is whether the mission can be accomplished
by means of a shuttle alone or, if not, what type of shuttle upper stage will be required
to complete the mission. In order that this question may be resolved quickly, the data
in this subsection are presented in two parts =-- first, data for the planning of shuttle-

only missions and second, data for the planning of shuttle/shuttle upper stage missions.

Shuttle-Only Mode

It is planned that a shuttle would operate nominally at circular orbit alti-
tudes up to 270 n. mi. or, possibly, up to about 340 n. mi. A fully reusable shuttle
would have an all-azimuth launch capability so that any orbit inclination between 28.5"
and about 100 degrees could be achieved via direct ascent launch. If the user's mission
requirements fall within these general limits then the shuttle-only mode should be consid-

ered first.

Having defined a mission in terms of spacecraft or net payload weight and
orbital specification or space destination, a potential shuttle user would normally
proceed to estimate the additional weight of shuttle adapters for handling and mounting
his payload module in the shuttle cargo bay. Figure IV-C-1 shows shuttle gross payload
weight and shuttle adapter weight as functions of net payload weight. Gross payload is
the sum of the shuttle adapter weight and the net payload weight. The net shuttle pay-
load consists of the user's payload module including the user's payload (spacecraft or
cargo) together with whatever adapters, equipment, and supplies that may be necessary to
ensure its protection and/or proper functioning.

Shuttle adapters would include items such as handling rings, shuttle
deployment mechanism adapters and fittings, and cargo bay mounting attachments. The
external dimensions of the payload module including adapters must be equal to or less
than 15 ft in diameter and 60 ft in length. The deployment of payload modules would be
provided by the shuttle. Standardized deployment mechanisms with payload attachment
points would be integral components of the shuttle and would not be chargable to payload
weight or volume. The operation of the deployment mechanisms would be such that proper

clearances would be maintained during the deployment of payload modules.

* 1f a direct ascent from ETR is assumed then the lowest possible inclination that
could be achieved by the shuttle alone would be 28.5 degrees.
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The problem of shuttle/payload integration is being studied, however, it is too
early for definitive results.” Until such results become available, the potential shuttle
user probably should plan for the case of minimal interface with the shuttle such as, for
example, having only mechanical connections for mounting, electrical connections, and,
possibly, guidance update information.

Moreover, the individual mission planner may wish to consider the matter of
shuttle adapter weight in greater detail and, rather than using Figure IV-C-1l, develop a
weight estimate for an adapter specifically suited to his requirements. The gross payload
weight obtained from Figure IV-C-1 or by some other estimating technique can be compared
directly with shuttle performance capabilities to determine whether the mission can be
performed using the shuttle alone.

Figure IV-C-2 and IV-C-3 shows shuttle gross payload capabilities for circular
orbits as a function of inclination and altitude. Figure IV-C-2 is representative of the
nominal performance mode (with orbiter airbreathing cruise engines and propellants).
Figure IV-C-3 is representative of the maximum performance mode (without orbiter cruise
engines and associated propellants). Allowances are made for rendezvous and docking
maneuvers and for contingencies. Also, abort criteria are taken into consideration.

Abort requirements generally involve some sacrifice of performance in the
interest of crew safety. For the shuttle orbiter, it is planned that the orbital
maneuvering system (OMS) will serve as a back-up for the orbiter injection propulsion
system. In the event of an abort situation (e.g., one injection engine out) during the
last stages of the launch phase, the OMS could be required to provide velocity impulses
totaling as much as 1500 ft/sec. Therefore, to satisfy abort criteria, the OMS must have the
capability of providing a AV approximately equivalent to the nominal value of "on=-orbit AV"
for every shuttle flight.

In general, abort criteria will preclude the possibilities of off-loading
substantial amounts of OMS propellant. The nominal value of "on-orbit AV" (1500 ft/sec)
is sufficient, if the launch proceeds nominally, to perform a mission to a 270 n. mi.
circular orbit and return. As a result, the shuttle payload capability would not change

appreciably as a function of altitude for missions between 100 and 270 n. mi.

o

* An "Interface Control Document' is in preparation.
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Small incremental trade-offs may be possible depending on the abort criteria
that are finally adopted. These may depend on the configuration for individual missions.
If the criteria are such that a AV less than 1500 ft/sec is acceptable for a given mission,
then it would be possible to increase the payload capability for that mission. The payload
increment may be estimated by allowing 20 pounds of additional payload for each foot per
second of the AV "decrement'"., The following considerations serve as guidelines for the
estimation of shuttle payload increments:
(1) The nominal value of "on-orbit AV'" includes an increment of about
360 ft/sec required for deorbit from a 270 n. mi. circular orbit. For
missions to lesser altitudes that require a smaller deorbit impulse,
the payload may be increased by an amount equal to 20 pounds of
additional payload for each foot-per-second difference between the
deorbit impulse at 270 n. mi. and that required at a lesser altitude.
The procedure for estimating the AV "decrement'" is as follows:
(a) assume that the reentry altitude is 65 n. mi. and determine the
AV required to transfer to that altitude from a given mission altitude
(use Figure II-31c), (b) subtract this value of AV from 360 ft/sec,
(c) multiply the difference by 20 1b per ft/sec, and (d) add the resulting
payload increment to the payload value obtained from the uppermost
curve on Figure IV-C-2 or IV-C-3. This procedure is not applicable for
circular orbit altitudes greater than 270 n. mi.
(2) The nominal value of "on-orbit AV" includes an allotment of about
100 ft/sec for rendezvous and docking. If such a maneuver is not
required then all or part of the rendezvous and docking allotment could
be traded for additional payload. Allow 20 1b of additional payload
for each foot per second of the AV decrement. Add the payload
increment to the value obtained from Figure IV-C-2 or Figure IV-C-3.
This procedure can be used for any mission altitude.
The mission planner should exercise caution against indiscriminate application

of the preceding trade-off possibilities. Primarily, they are included here to demonstrate
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that the shuttle payload capabilities indicated on Figures IV-C-2 and IV-C-3 may be
increased by substantial amounts, up to several thousands of pounds, under certain con-
ditions. The extent of possible increases, however, depends on a number of factors.
Questions on these matters may be addressed to one of the persons listed in the front of
this document.

While the nominal value of on-orbit AV is to be 1500 ft/sec, it is planned that
the OMS propellant tanks will be sized to hold enough propellant to provide a total AV
capability as large as 2000 ft/sec. 1In this case, the shuttle could perform missions to
circular orbits as high as about 340 n. mi. without the necessity of adding auxillary
propellant tanks. Shuttle payload capability for circular orbit altitudes up to 340 n. mi.
are shown on Figures IV-C-2 and IV-C-3. Somewhat higher altitudes may be achieved via
elliptical orbits.

Figure IV-C-4 can be used together with Figures IV-C-2 and IV-C-3 for the
estimation of shuttle payload capabilities for elliptical orbits assuming that a shuttle
can transport equivalent payloads to orbits of equal energy. To estimate the shuttle
payload capability for a given elliptical orbit; first, determine the circular orbit
equivalent to the given elliptical orbit from Figure IV-C-4 and second, determine the
payload for that circular orbit from Figure IV-C-2 or IV-C-3. The reverse procedure can
be used to determine elliptical orbit parameters if the shuttle payload is given.

The following examples are provided to illustrate the use of Figures IV-C-1
through IV-C-4.

Example 1

Problem: Determine the net cargo weight that can be transported by a
shuttle for a logistics mission to a 270 n. mi. circular
orbit at 55 degrees inclination. Assume nominal performance
mode.

Solution: From Figure IV-C-2, the gross shuttle payload capability for
55 degrees and 270 n. mi. altitude is 25,000 1b. The net
shuttle payload capability for a gross payload of 25,000

1b, from Figure IV-C-1, is 20,000 1b.
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Example 2

Problem: Deliver a 30,000 1b spacecraft to a 100 x 400 n. mi, orbit

at 28.5 degrees inclination.

Solution: The gross shuttle payload for a net payload of 30,000 1b,
from Figure IV-C-1 is 36,500 1b. From Figure IV-C-4,
the circular orbit equivalent to a 100 x 400 n. mi.
elliptical orbit is 300 n. mi. The shuttle gross payload
for the nominal performance mode, a value of 33,000 1b is
obtained from Figure IV-C-2, is not adequate for the
mission. The gross payload capability is about 56,000 1b
for the maximum performance mode (Figure IV-C-3). Therefore,
the shuttle could perform the mission in the maximum

performance mode.

Shuttle/Shuttle Upper Stage Mode

If mission requirements exceed shuttle-only capabilities, or if the mission
destination lies outside the shuttle operating regime, then a shuttle upper stage would
be required to complete the mission. In this case, the net shuttle payload would consist
of a "package'" that includes the users payload (spacecraft or cargo), a spacecraft/upper
stage adapter, a shuttle upper stage, and whatever payload service equipment that may be
required. As defined on page IV-C-2, the gross shuttle payload would be the sum of the
net shuttle payload weight and the shuttle adapter weight.

For shuttle/shuttle upper stage missions (both Earth orbital and Earth
escape), it has been assumed that the shuttle orbiter would be injected into a 50 x 100
n. mi. elliptical orbit (Reference Injection Orbit); that the orbiter would then
transfer to an appropriate parking orbit; and, finally, that the shuttle upper stage
would deliver the users payload from the parking orbit to the final orbit or space
destination. All maneuvers would be coplanar if the final orbit inclination is greater
than 28.5 degrees. Otherwise, the shuttle parking orbit inclination would be 28.5

degrees and the required plane change would be accomplished by means of the shuttle

upper stage.
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Table IV-C-1 lists the weights and characteristics of several existing, planned,

and proposed propulsion stages that are among the possible candidates for shuttle upper
stage applications. Additional information on solid-propellant upper stages is presented

in subsection IV-D, "Velocity Packages',

TABLE IV-C-1, WEIGHTS AND CHARACTERISTICS OF REPRESENTATIVE
SHUTTLE UPPER STAGES

Stage(l) Spacecraft/Stage
Designation Length(ft) Diameter(£ft) Weight (1b) Adapter Weight(1lb)
BII(1440) 5.2 5.2 1,787 20(2)
BTT(2300) 6.3 5.2 2,717 203
BITA(1440) 4y
(two stage) 7.5 5.2 2,467 20(
Tandem BII(1440)
(two stage) 10.2 5.2 3,670 20(4)
Tandem BII(2300)
(two stage) 12.4 5.2 5,530 20(5)
DELTA 9.6 4.8 12,074 50 - 80
AGENA 20.2 5.0 14,930 60 - 100
TRANSTAGE 15. 10 27,477 230
CENTAUR 30 10 34,436 116

(1) Stage weights do not include adapter weights.

(2) For payloads over 500 1b, the adapter weight must be increased by 10% of the excess
payload over 500 1b.

(3) For payloads over 1000 1b, the adapter weight must be increased by 10% of the excess
payload over 1000 1b.

(4) For payloads over 500 lb, the adapter/intra-stage structure must be increased by 12.5%
of the excess payload over 500 1b.

(5) For payloads over 1000 1b, the adapter/intra-stage structure must be increased by
12.5% of the excess payload over 1000 1b.

Two procedures are presented in this subsection for the estimation of shuttle/
shuttle upper stage performance. The first procedure is applicable to cases where a
restartable liquid-propellant shuttle upper stage is used for Earth orbital or Earth
escape missions or for cases where a solid propellant stage is used for Earth escape
missions. In these cases, the procedure is identical to that for conventional (expendable)
launch vehicles outlined on page I-1 of this document. The second procedure, discussed
on page IV-C-9, is for cases where solid-propellant upper stages, comprised of one or

more single-burn motors, are used for Earth orbital missions.
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Figure IV-C-5a and IV-C-5b show the spacecraft payloads that could be delivered
by a shuttle in combination with various solid and liquid-propellant upper stages as a
function characteristic mission velocity. These performance curves represent shuttle/shuttl
upper stage performance capabilities for a due east launch from ETR corresponding to an
orbit inclination of 28.5 degrees.

The curves on Figure IV-C-5b show that Agena and Delta upper stages with
spacecraft payloads up to about 15,500 and 18,300 1b, respectively, can be transported to
orbit by means of a shuttle in the nominal performance mode. For larger payloads, the
upper stage propellants must either be off-loaded (left-hand branch of the curves) or the
shuttle must be operated in the maximum performance mode (right-hand branch). The
Transtage and Centaur with payloads in excess of a few thousand pounds can only be
transported to orbit in the maximum performance mode. For payloads exceeding 20,000
.and 14,000 1b, respectively, the Transtage and Centaur must be off-loaded. The right-hand
branch of the Centaur curve shows the performance capability if Centaur could be refueled
in orbit.

Using the data of Figures IV-C=5a and IV-C-=5b and Sections II and III, the
performance of the shuttle/upper stage combinations can be estimated for a variety of
Earth orbital and Earth escape missions., Example 3 illustrates the procedure for Earth |
orbital missions using a liquid-propellant shuttle upper stage. Example 4 illustrates
the procedure for Earth escape missions using either liquid or solid~-propellant shuttle
upper stages.

Example 3

Problem: Deliver a 10,000 1b spacecraft to synchronous equatorial orbit
by means of a shuttle/upper stage launch from the ETR.
Solution: From Figure II-28, the required characteristic mission velocity
is 39,600 ft/sec. From Figure IV-C-5b, this required
characteristic velocity could be provided at the required payload

using the shuttle in the maximum performance mode plus the

Centaur.
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Example 4

Problem: Deliver a 1000 1b spacecraft to Venus in 1980.

Solution: From Figure II-10, the required characteristic velocity for
Venus in 1980 (assuming a 30-day opportunity width) is 37,550 ft/sec.
From Figure IV-C-5a and 5b, this mission can be flown using
the space shuttle and the Delta, Agena, Transtage, Centaur or
Tandem Burner II(2300).

The second procedure to be discussed is for the estimation of Earth orbital
missions where solid-propellant shuttle upper stages are used. All of the solid-propellant
stages shown in Table IV-C-1 incorporate one or more single-burn motors. When such stages
are used to perform Earth orbital missions it is not only necessary to select a stage
which in combination with the shuttle gives the proper total velocity capability (VC), but
also one that gives the proper sequence of velocity increments (AV's). For single-burn
motors, this is equivalent to requiring the proper AV per motor. Figure IV-C-6 gives the

incremental AV's per motor.

In calculating required AV sequences for Earth orbital missions using solid-
propellant upper stages, the use of Figure II-3lc in Section II is recommended for the
estimation of incremental velocity impulses required to perform various coplanar
maneuvers. Launch azimuth velocity corrections for inclinations other than 28.5 degrees
can be obtained from Figure III-la in Section III., Figure II-3la together with Figure II-
32b may be used for the estimation of velocity impulses required for plane change
maneuvers. Using these figures, a required sequence of velocity impulse corresponding to a
given mission may be calculated. Using Figure IV-C-6, a shuttle/solid-propellant upper
stage combination may be selected that provides adequate payload capability to perform
the Earth orbital mission. Example 5 illustrates this procedure.

Example 5

Problem: Deliver a 6,500 1b spacecraft to a 800 n. mi. sun-synchronous
circular orbit using a two stage solid-propellant shuttle upper

stage.
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From Figure II-33, the required orbital inclination for 800 n. m
Sun-synchronous orbit is 102 degrees. Using the all-launch azim
capability of the shuttle, assume a shuttle orbiter circular
parking orbit of 100 n., mi. altitude and 102 degrees inclination
From Figure II-3lc the required AV at 100 n. mi. to transfer to
800 n. mi. is 1120 ft/sec. From the same Figure, the required
apogee AV to circularize from a 100 x 800 n. mi. orbit to a
800 n. mi. circular orbit is 1080 ft/sec.

From Figure IV-C-6, for a payload of 6,500 1b, the first
stages of the Tandem Burner II(2300) and the Burner ITA will

deliver the required initial AV of 1120 ft/sec, but the first

stage of the Tandem BII(1440) will not. Similarly, the

second stages of the Tandem BII(2300) and Tandem BII(1440) will
deliver the required second AV of 1080 ft/sec, but the second st
of the Burner IIA will not. Therefore, only the Tandem BII(2300)
can meet both AV requirements.

To check on the ability of the shuttle to deliver the total
payioad package, compute the shuttle gross payload. The
spacecraft weight is 6,500 1lb, the spacecraft/upper stage
adapter weight (Table IV-C-1) is 20 + .125 (6500-1000) = 1145 1b
and the Tandem Burner II(2300) weight is 5530 1b. Therefore,
the net shuttle payload is 13,175 1b. The gross shuttle
payload (from Figure IV-C-1) would be about 17,000 1b. From
Figures IV-C-2 and IV-C-3, this payload is within the shuttle
gross payload capability for a 102° inclination using the

maximum orbiter performance mode.

Alternate Solution: 1In the previous solution, the Tandem BII(1440) was

eliminated because the first stage velocity impulse was less,

but, only slightly less, than that required. It would be
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possible to use the Tandem BII(1440) by tailoring the mission
profile to suit the capabilities of that stage. In this case,
the selection of a shuttle parking orbit higher than 100 n. mi.
would be appropriate. As discussed on page IV-C-3, a circular
parking orbit as high as 270 n. mi. could be assumed and the
gross shuttle payload capability would not change from that at
100 n. mi. Assuming a 270 n. mi. circular parking orbit at 102
degrees inclination and using the same procedure as in the
previous solution, the required velocity impulses for transfer
and circularization would be 820 ft/sec and 795 ft/sec, respectively.
In this case, the Tandem BII(1440) could provide both of the
required impulses and could be used to perform the mission.
Because of the lower stage and adapter weights, the net payload
would be 10,940 1b as compared with 13, 175 1b for the Tandem

BII(2300) from a 100 n. mi. parking orbit.
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SECTION IV-D

VELOCITY PACKAGES

In certain circumstances it may be possible to obtain higher characteristic
velocities than is provided by the vehicles shown in Section IV-A by including a small
solid propellant motor as an additional stage. Such motors with their associated control
systems and structure are called velocity packages. Examples of velocity packages in
various states of development are the Burner II(BII) series, Fire, Fire/FW4 (a 2-stage
velocity package), and the OVl propulsion module (FW4 motor). The use of a velocity
package is indicated, in general, only for payloads below the knee of the vehicle payload-

characteristic velocity curve.

Table IV-D-1 gives characteristic data for several operational and proposed
velocity packages, Figure IV-D-1 presents velocity increments as a function of payload
for the velocity packages. To use the information presented in this section for
estimating the performance of vehicles with velocity packages, the following steps should
be followed:

(1) Add the weight of the proposed payload to the total weight listed in

Table IV-D-1 for the velocity package. If the payload weight exceeds
the limit for which stage structure is designed, it will be necessary
to account for the additional weight of a strengthened structure. In
this case, estimate the additional structural weight according to the
procedures prescribed in the footnotes on Table IV-D-1 and include the
additional weight in the summation of payload and velocity package
weight.

(2) Find the characteristic velocity of the proposed base vehicle from

the curves in Section IV-A for a payload equal to the total weight

found in (1).
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(3) Add to this characteristic velocity the velocity increment (AV) of the
velocity package obtained from Figure IV-D-1 for the proposed payload
weight. This gives total characteristic velocity available for the
proposed payload using the velocity package.

The user is cautioned that this procedure is an approximation. Variations in
shroud weights and interstage adapters resulting from the use of velocity packages may
cause the actual vehicle performance to differ from that estimated by this generalized
procedure. Also, the characteristic velocity obtained by this procedure cannot generally

be used to derive Earth orbital capabilities. As discussed on page IV-C-9, the use of
velocity packages consisting of one or more single-burn solid-propellant motors for Earth

orbital missions requires the proper AV increments as well as the proper total character-
istic velocity.

The TE364(1440), TE364(2300), Fire and Fire/FW4 velocity packages are spin
stabilized, and this must be considered in the design of the payload. The BII series and
the OVL1(FW4) are attitude stabilized., The Tandem BII(1440) velocity package consists of
two BIL(1440) stages in tandem with the guidance removed from the lower stage.
Correspondingly, the Tandem BII(2300) consists of two BII(2300) stages. The BIIA velocity
packages also consist of two stages mounted in tandem. The lower stage is either a
BII(1440) or a BII(2300) with the guidance removed. The upper stage, in both cases, is
powered by a TE-M-442 motor with a propellant loading of 535 1b., The standard Burner II
guidance and control system is installed in the upper stage. The proposed Be(beryllium)
BII is a single stage velocity package that would use a propellant containing beryllium,

Both one-burn and two-burn versions of the stage might be built,




TABLE IV-D-1,

VELOCITY PACKAGE CHARACTERISTICS

Nr of Length/Diameter Stage

Velocity Package Stages (££) Weight (1b)(®)  Adapter Weight (1b)(P) Status
TE364 (1440) 1 4.5/3.2 1,574 20(1) Operational
BII(1440) 1 5.2/5.2 1,787 201 Operational
BIIA (1440) 2 7.5/5.2 2,467 20(2) Ooeratiowal
Tandem BIT(1440) 2 10.2/5.2 3,670 20(2) Proposed
TE364 (2300) 1 5.9/3.2 2,405 20(3®) Proposed
BII (2300) 1 6.3/5.2 2,717 20(3) Proposed
BIIA(2300) 3 9.6/5.2 3,417 20(4) Proposed
Tandem BII(2300) 2 12.4/5.2 5,530 20(%) Proposed

Be BII(1l-burn) 1 7.0/6.0 3,508 20(5) Proposed

Be BII(2-burn) 1(1 restart) 7.0/6.0 3,508 20(5) Proposed
0oVl (FW4) 1 6.8/2.1 860 PR Operational
Fire 1 9.8/5.4 3,616 46 Semi-retired
Fire/FW4 2 16.8/5.4 4,252 15 Proposed

(a) Stage weights do not include nominal adapter weights indicated in column 5.

weight is the sum of the stage weight and adapter weight.
(b) For greater than nominal payloads, the adapter weights must be increased as follows:

(1) For payloads greater
(2) For payloads greater
(3) For payloads greater

structure and 10% is
(4) For payloads greater

interstage structure
(5) For payloads greater

(6) Adapter is integral with stage.

than 500 1b, add 10% of excess over 500 1b.

than 1000 1b, add 10% of excess over 1000 1b.
than 500 1b, add 12.5% of excess over 500 1b (2.5% is added to the interstage
added to payload adapter).
than 1000 1lb, add 12.5% of excess over 1000 1b (2.5% is added to the
and 10% is added to payload adapter).
than 1500 1b, add 10% of excess over 1500 1b.

Total velocity package

€-a-AI
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SECTION IV-E

PERFORMANCE OF SOLAR-ELECTRIC PROPULSION SYSTEMS

This section contains performance data for selected launch vehicles with space-
craft containing a solar-electric propulsion system., The solar-electric propulsion concept
has been separated from other advanced propulsion systems discussed in Section IV-F because
it is considered to be a nearer-term possibility.

With solar-electric propulsion, energy derived from lightweight photovoltaic
arrays would be used to accelerate ions to very high exhaust velocities., The system yields
a very high specific impulse (ISP), a factor of 10 or more above that achieved in chemical
systems, This results in a significantly smaller propellant requirement to achieve a given
total impulse. However, because of their low thrust, such systems would operate throughout
a significant fraction of the mission time.

Where a continuous thrust is applied to a spacecraft, the distinction between
the delivery system and the spacecraft/payload is no longer clear. It has not been possible
to show the total vehicle mission performance in terms of plots of payload versus character-
istic velocity because the spacecraft propulsion system now provides a major portion of the
required final mission energy, which is no longer attained in the proximity of the Earth
as is the case with ballistic missions. Rather, it is slowly attained, with the actual
thrust vector history being determined by the target location relative to the Earth at
launch and by desired end conditions, For this reason, no single general form has yet
been derived to present performance data for low thrust spacecraft, and the performance
of the low thrust spacecraft must be presented on a total vehicle and mission-by-mission
basis,

To better understand the results shown in this section, some discussion of the
electric propulsion system and mission design process may be helpful. With conventional
chemical propulsion systems, there is a relatively limited choice of system parameters
and control variable histories. Electric propulsion system and mission design studies
are greatly complicated by the increased freedom of choice in system parameters and

operating modes available, The design specific impulse can be varied over a wide range
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of values. Engine operating thrust is also variable within limits, Relatively unlimited
storage capability is available because of the nature of the propellant, usually a liquid
metal, The engine can be shut down and restarted with relative ease. The thrusting period
is lengthy.

The performance of solar-electric propulsion systems is sensitive to the choice
of thrusting history and system parameters., The analyst must determine the best combination
of such parameters as boost vehicle injection energy, spacecraft thrust program, solar array
size, fuel mass, and launch period while considering operational constraints such as guidanc
requirements, ground coverage requirements, operational simplicity and mission reliability,

The overall region of possible mission operation is determined by assuming a
"rubber spacecraft" and calculating the optimum constrained set of parameters for each
launch date. This results in different values of power, exhaust velocity (ISP),
mass, injected mass, injection energy, and thrust program at each point along the per-
formance curve for each mission. This could never be mechanized in reality, since a
spacecraft has fixed parameters once it is constructed. However, this type of calcu-

lation does indicate the limiting performance possible and the concomitant spacecraft

fuel
parameters.
Figures IV-E-1 through IV-E-14 show current estimates of possible planetary
flyby and orbiter mission performance capabilities with spacecraft using solar-electric
propulsion and launched on three possible launch vehicles. The procedures employed to
prepare the data were as described in the previous paragraph (References IV=-E-1 through |
IV-E-3). The spacecraft propulsion systems would be based on present NASA programs
oriented toward demonstrating the technology of small, solar-cell-powered, ion engine
propulsion systems (Reference IV-E-4). Assuming successful completion of this effort,
operational launches in the mid to late 1970's appear to be practical.
These figures are based on an assumption of circular coplanar planetary orbits
and a propulsion system specific weight of 30 kg/kw at 1 a.u. (considered to include the j

arrays, thrustors, and power conversion equipment). The net spacecraft mass (payload) is

defined as the initial spacecraft weight minus the weight of the propulsion system (as

-defined above), propellant, tankage, and any structure that would not be required if the
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spacecraft propulsion system were not used. For the orbiter missions, a highly eccentric

elliptical orbit and a chemical retro-propulsion unit with an I of 300 sec and a propellant

SP
fraction of 0.9 for establishing the orbit have been assumed. For outer planet (Jupiter and
beyond) and Mercury orbiters (Figures IV-E=7 to IV-E-12), the solar-electric propulsion system
is assumed to be jettisoned prior to the retro maneuver. For inner planet orbiters except
Mercury (Figures IV-E-10 to IV-E-12), the solar-electric power supply is retained and

goes into orbit with the spacecraft. The mass of the power supply is not included, however,

in the net spacecraft mass values shown on the Figures.

It should be noted that the payloads for orbiter missions are highly dependent
upon specification of the retro-propulsion system and of the capture orbit. For cases in
which the base vehicle outperformed the vehicle plus solar-electric combination, the basic
launch vehicle performance has been shown by a broken line (e.g., Figure IV-E-4). The
curves labeled with a "D" are for direct trajectories (transfer angle less than 360°),
while those labeled "I" are for indirect trajectories (transfer angle greater than 360°).

The approximate value of the power in kilowatts available at 1 a.u. and (in parentheses)
at the destination for each mission is also indicated on the curves.

Figures IV-E-15 through IV-E-19 provide further data on solar-electric propulsion.
These are included to illustrate the effect of launch date and the effect of selecting a
single spacecraft power level on solar-electric performance.

Figure IV-E-15 shows the results of trajectory calculations based on planetary
ephemerides. These data were generated as a part of a study on the feasibility of a Jupiter
flyby using the SLV3C/Centaur with a solar-electric spacecraft (Reference IV-E-4). As can
be seen, the performance of the solar-electric system is dependent on launch date, but the
dependence is less severe than for ballistic trajectories.

It should be noted that there is an alternative to the assumption of the optimized,
flexible parameter (''rubberized") spacecraft used in developing data for Figures IV-E-1
through IV-E-15). This alternative involves selection of a limited number (hopefully,
only one) of fixed spacecraft designs or a single stage design and investigating their

performance for various missions. As an example, Figures IV-E-16 through IV-E-19
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illustrate the performance of a 15 kw solar-electric spacecraft on the Titan IIID/Centaur

(References IV-E-1 through IV-E-3, IV-E-5, and IV-E-6). If good basic design choices can

be made so that it is feasible to use such spacecraft or stages for multiple missions,

without severe performance penalties, this type of system could provide a cost-effective

method for return of scientific data from a variety of solar system locations. Further

definition of the multimission spacecraft and stage concept is expected in the future.

IV-E-1.

IV-E-2.

IV-E-3.

IV-E-4.

IV-E-5.

IV-E-6.

References

Data submission to J. W. Haughey, OSSA, Code SV, from J. Horsewood, Analytical
Mechanics Associates, Inc., August, 1969.

Data submission to D. S. Edgecombe, Battelle Columbus Laboratories, from J.
Horsewood, Analytical Mechanics Associates, Inc., October, 1970.

Data submission to D. S. Edgecombe, Battelle Columbus Laboratories, from A. Mascy,
Mission Analysis Division, OART, September, 1970.

Data submission to V. L. Johnson, OSSA, Code SV, from W. H. Woodward, OART,

Code RN, Director, Space Power and Electric Propulsion Division, October 6, 1967.
J. L. Horsewood and F. I. Mann, "Optimum Solar Electric Interplanetary Trajectory
and Performance Data', NASA Contractor Report CR-1524, April, 1970.

J. L. Horsewood and F. I. Mann, "Solar Electric Interplanetary Trajectory and
Performance Data for Sub-Optimal Powered Spacecraft", Analytical Mechanics

Associates report prepared under NASA Contract NAS5-11193, April, 1970.




Net Spacecraft

1b
1540

1320

1100

880

660

440

220

Mass

kg
700

600

500

400

300

200

100

IV-E-5

: 3 Note: D = Direct Trajectory
9?(0’5 I = Indirect Trajectory;
See text Page IV-E-3.
I
EE O 11 (o

Flight Time, days

FIGURE IV-E-1. CAPABILITY OF AN SLV3C/CENTAUR SOLAR-ELECTRIC
LAUNCH VEHICLE FOR OUTER PLANET FLYBYS

L
l§' E 11 (~0)
ll2 1
151 e ihi
= (0.7)F 11 (~0)
¥ i ﬁ@_ _.,_:_- 12
.I'c§. ; B (~O)
12
b (~0) S R (~0)
#D E (w0) 12
1 y 1) '_I._m, -:D
(Ao) (""O ! i i 55
i D e 5
|
0.2) ©0)
3
(OF 5 aift:
0 1000 2000 3000 4000 5000 6000



IV-E-6

Net Spacecraft

Mass
1b kg
2640 1200 I S NN NN NN AN NN AN
Note: D = Direct Trajectory :
I = Indirect Trajectory
HHH See text Page IV-D-3.
L8(1,1) i
2200 1000 3:{ A19 &0)
~f (1,5* H-
1760 800 ohtmy
/ J
L 22 ¢~0)
.. ‘”‘“:——‘ : n—:_—_A 11 26 (~O ) |
1320 600 3?6 ({\3@ s L ‘
el i EaE Pas
I ; 1/ s,
‘Dif B o /%
i) R,
| o S
880 400 ¥ = B o)
B 13 26 (~0) b6
JA'E_:.‘ 23 = ?1 ~
LH. 'lI - 1 D 1
440 200 : 24 x 22550) @@‘*’
:‘—1‘—87 ::("'0) o {'Q’g
o) -
EEEL N N5
HT Y
EE:C).:ll ‘m
Sl o) o)
0 o E2H 1A S
0 1000 2000 3000 4000 5000

Flight Time, days

FIGURE IV-E-2, CAPABILITY OF A TITAN IIIC/SOLAR-ELECTRIC
LAUNCH VEHICLE FOR OUTER PLANET FLYBYS




IV-E-7

Net Spacecraft

Mass
1b kg
8800 40 . s R s s e s e e e e e e e e e e o
- Note: D = Direct Trajectory
I = Indirect Trajectory
See text Page IV-D-3. ]
539 (2, 1)
6600 3000 1 13
& Hr T 57
ﬁ’l nb@ﬁri-
R, (o 4 2
S :vti)"’
38
4400 2000 I {EE)
_M—# T 5 = B g +
:;_ ; S—T‘;‘Eﬂ-" 111-— 7 1
lp__l T . 53 NN I =
(3.3 = e D
2200 1000 g £54 (~0) @'ﬁ\s#
j FEHTH LA
~ 1 \ 1 7.
Ay 30>(~O D EEEY/ )7 am
Enan Q@E,gl _:@?a
18 0) foes At S
0 0 o (Iful;u : ‘%81'11 1@& ‘5r3nh9|}1
]
0 1000 2000 3000 4000

Flight Time, days

CAPABILITY OF A TITAN IIID/CENTAUR/SOLAR-ELECTRIC

FIGURE IV-E-3.
LAUNCH VEHICLE FOR OUTER PLANET FLYBYS




IV-E-8

= S
. M~
“ TN—”"1
_+
X o
aQ
N T
o 1
(@] 1
~— o
S )
) e
: %
O ]
Ho~
i HO
H ot —
i S
0 Q >
2\ Al
1
S
N~
: e
5...#-& “
oy FHE
FER~ ) e
/ﬂ x’, :F —
j i 3 oito
o
; TN QAW,II O./ .I._
4 & 13 -
AMW 1] o e G
oNJ.2 goE
e M & - “ ¥ =
ﬁl :\ \/o \ \,- Gﬁ.}v
u . RO o 4
H miﬁhw. H .\m,. ] o
+ 4 H 2 e
mE LEG u o T
E BEEEE: O
H Q&N@ H A EEvet
H 1 o tt
O ¥ = -
Sy T =
. _D o o MW
. HF O = o]
] ! °
1 o = q T
= ¥ u 1 Q/.n
59 2 ]
\ ; 2l ¢ . i
O =™ L N s
D”WPIPJP R ~ oH
T T .mzm.g = e . ]
A DGt O M .y‘ —= & LN
SOy Fre— HH — ]
e HE(S Do
1
: o [ _:)n
cuﬂdanumH
N:-+07 %
S A
=
4 o (=] o o o o o
(=] o o
s 28 8 e 3 g 5
= - —
3]
o w
w 2]
as
. 28 g 8 8 2 8 °
ﬁ wrlm_u. ™~ m~ ™ [ee] &
= ™~ o~ -t bt

900

800

700

600

500

400

300

200

100

Flight Time, days

CAPABILITY OF AN SLV3C/CENTAUR/SOLAR-ELECTRIC LAUNCH VEHICLE

TOR TANEGD DIANDTADY AN ATDIOC TIT IIDIZY ARATIS 7T ACTT VAT A TS T 7 T T /v

FIGURE IV-E-4,




Net Spacecraft

Masgs
1b
5500

4600

3300

2200

1100

k
25%0

2000

1500

1000

500

Note: D = Direct Trajectorl}lv””I
I = Indirect Trajectory
See text Page IV-D-3,
S LD "MARS HEEHE T
: T u Q%fgjgﬂﬁﬁg gamsel iasfg 171(%,5)
AIR(] H - H T ; mEE o > .5
i J:: it = b lOE_(_E, nm Tt It
HH 7t(3 5‘) 9' 4,5)
g’! TrQ EYE‘S x"ﬂ-éf;‘:;:a! ini 14
He L (o) T 18 (3,4 ) G 2,7l
I S CERER - e Ei e gt
! A 18 [( 3. 4)
o S/ = 0) 5
8):6 i MERCURY HLD 2%¥
&85 24 | *
A (Olj
Y11 H 22 jfHH
8o 3
: i {0 1)
(36l 2 |(0) b2t
| 1
100 200 300 400 500 600 700 800 900

Flight Time, days

FIGURE IV-E-5, CAPABILITY OF A TITAN ITIIC/SOLAR-ELECTRIC LAUNCH VEHICLE
FOR INNER PLANETARY AND CERES FLYBYS

6-1-A1



IV-E-10

T ~
H RN
ay P
N ey
~ HER g
o i
T N\ m
(g cosecei
0o
/@Hunnﬂ .
i
(&)
=
Lt
“
- i |
-~
0
s 1 L]
=4 o~
N
St
1_
0
= \ i
- >
IS M . H—~ N M.O/
4 om Ly ‘N e
HF O O 1 . -3
Fhem § OY e
C 0 ~—
oo =
H o
e R Vi
- o =
o o I
e e
A H PG
F 0w nas:
E NS
L ¥
H A H & o “m
H oo g m._. m =
ur ¥ S 11
s mas) Ll W P
H 1O H Of ~ HHHHS, 1
mu -e. 1 » 1 ! EEENS i Tt
= =) -] - B
- ..n.u. . E o~ =]
L = 18 Xe) i B
i H={ads QIJ_ o m
S - 1 EEEE
= £ 1 s nEEy
R NIRRT Ol s B
i oo v”.! -
© ~— A~ H e HH 10
=i T e TS Ly
HHH T o 5”Hm.nun#n ~
H ”M N & N
m a L, & o
~ ] HH 2 o~ T T
] £ 3 =
#” \nw_u._.J un m(Ux\A.n3 T
¥ (_.. u L=t
1T n
il
" | 1T
> 41
S H
ol W.\v HH
et g e
SHL. Rl P
[} T
N, 1 I
5 N SEEESE
7= uuwvsw N~ T o A=
un o uHm(\.H ()
O H~
ww_l (e HER ml n..\-ﬂJL
L I .
.@ ; 0 ;
1 1
am
O
=
LS
Y-t o o o (=} o
o o © (= o (=}
= o O o o o
g 2 @ O < ~
m (]
D._m
Slips g S 2 :
84 a0 ~ >3] <
@ i~ ) ) <
= vt 1

900

800

700

600

500

400

300

200

100

Flight Time, days

CAPABILITY OF A TITAN IIID/CENTAUR/SOLAR-ELECTRIC LAUNCH VEHICLE

FOR INNER PLANETARY AND CERES FLYBYS AND CLOSE SOLAR PROBES

FIGURE IV-E-6,




Net Spacecraft

Mass
1b
1100

880

660

440

220

kg
500

400

300

200

100

IV-E-11

Lvﬂ% ]L = L S O L mum
(ESipaHaREimunanauun tNote: D = D1rect Trajectory  HH{
EE AR R aas I = Indirect Trajectory [{H]
(ERENEEEES smmaaaE See text Page IV-E-3, T
2 88 anE i [ HHH
HH ] OeO Jommi- g L H
+H FHHHHH thi 9ﬂ*ﬂ,f : ERES . T
EERdEp A i e § T
,H,.I I H 9.9_4_ L) LPJ__ ?‘ : T n _
un 1.0 8] :I : N e
”"f"' UERE ,::I‘*:.:,“.'_J
HHHHHH ?LV'A i EEES dun iz L:
ENEEI T 5 I E5E {
H !
% sEzasizsas:
£ e
g 12, 3 H
T
P 11,8 1
HHHHH HPFFHH
A !
D VW'
HEEE
EEERE
“Note: Power Plant and |-
"T Tankage are =t
T Jettisoned Prior -
to Retr H
fibbibiibibibiitbl, ‘HH—IH{H}{W’TF{ZﬁZ
| |
0 2000 4000 6000 8000 10000

Flight Time, days

FIGURE IV-E-7. CAPABILITY OF AN SLV3C/CENTAUR/SOLAR-ELECTRIC
LAUNCH VEHICLE FOR OUTER PLANET ORBITERS




Net Spacecraft

Mass
1b

1760

1320

880

440

kg

IV-E-12

800

A S Note: D = Direct Trajectory

—f+1+ I = Indirect Trajectory i

/7 | h20|  See text Page IV-E-3,

A2

600

OEQIER‘,.“

—J

B—

400

TN e

=

200

FEFLFH

Tankage are

Power Plant and

Jettisoned Prior

I
0 2000 4000 6000 8000

FIGURE IV-E-8.

Flight Times, days

CAPABILITY OF A TITAN IIIC/SOLAR-ELECTIRIC
LAUNCH VEHICLE FOR OUTER PLANET ORBITERS




IV-E-13

Net Spacecraft

1b
4400

3520

2640

1760

880

Mass

kg
2000

1600

1200

800

400

i1 Note: D = Direct Trajectory

1 I = Indirect Trajectory
_ See text Page IV-E-3,
EEEEEEEENEESEEENEEENSASEAMAENSAENE ENENE RARE

t +1
10 ) I LI

Power Plant and |
Tankage are :
Jettisoned Prior]
to Retro

0 2000 4000 6000 8000 10000

Flight Time, days

FIGURE IV-E-9., CAPABILITY OF A TITAN IIID/CENTAUR/SOLAR-ELECTRIC

LAUNCH VEHICLE FOR OUTER PLANET ORBITERS




Net Spacecraft

Mass

1b
2420

2200

1980

1760

1540

1320

1100

880

660

440

220

kg
1100

1000

900

800

700

600

500

400

300

200

100

FLIGHT IV-E=-10,

Flight,Time, days

CAPABILITY OF AN SLV3C/CENTAUR/SOLAR-ELECTRIC LAUNCH VEHICLE
FOR 'INNER PLANETARY AND CERES ORBITERS

fHNote: D = Direct Trajectory
HH I = Indirect Trajectory Cho1)
H See text Page IV-E-3. i 1 i
2. [ 35! h?xﬂ et 3.5 (1.8) ¢
patfiess’ . qsffil FH MARS T
O bR ENUS [FEHEE 5, 3 f (T :
T —-D (| 5‘3W2'6]
oD
J 0
pRiiART AAARERARE
9.9(1.9) 5
O Lt
S5 2 4
9.8{(0) ) =
Ehae o
,,,,,,, axx :
o 11 (2.1) 3
j 10.4
- 16))
L= 1= LJllIillll
0 100 200 300 400 500 600 700 800 900



Net Spacecraft
Mass

1b
4400

3520

2640

17600

880

kg
2000

1600

1200

800

400

”ﬁéﬁgé”'B“- Direct Trajectory
I = Indirect Trajectory
See text Page IV-E-3, a5
; H dﬂé7 . =6(8) 7/(345)
i , g e e S
EEERY 1h) ! gassass
'ENLH&_ :5!( EE) (6)
§ S
l' z--
] ansEEs,
i 0 F19(3,6)
A ; \,
i FDf +
i £ G
1221(42)
I
IE n(?.(.}.)‘
100 200 300 400 500 600 700 800 900,

Flight Time, days

FIGURE IV-E-11., CAPABILITY OF A TITAN IIIC/SOLAR-ELECTRIC LAUNCH VEHICLE
FOR INNER PIANETARY ORBITER AND CERES RENDEZVOUS MISSIONS




iNet Spacecfaft

Mass
ib kg
11000 | 5000 P TP TP P TP T T T T T P P e
{ Note: D = Direct Trajectory
I = Indirect Trajectory
See text Page IV-E-3. |
'12! ];[6 —j——.](l ) o - 1 5'(71 5)
8800 B T - - HHHH T
4000 )I VEI_W;IS 23 2):_’__ TIT T llIﬁTVTmMARS§ ---a--z =
DT e 23/(11,5)
HDf
0
6600 3000
/ il
G 8)
! r ;uh(o) il 1421(
4400 2000 1 RE b
i SHD
? -
[ | S { (o)}
T ; 29 H
2200 1000 : | - 9/(9)
i A
| 38 (7)
0 0 i S
0 100 200 300 400 500 600 700 800 900

Flight Times, days

FIGURE IV-E-12. CAPABILITY OF A TITAN IIID/CENTAUR/SOLAR-ELECTRIC LAUNCH VEHICLE
FOR INNER PLANETARY ORBITER CERES RENDEZVOUS MISSIONS



T

IV-E-17

S\

800

L

{
fu|
i}

4

-

o
S
$)

1
|
I

1)

T 8

54l

5.5(8.8)!

NS NS R
T t

IlIl};]LlJll"
D |

)

11

T
T

700

== COMET D'ARREST RENDEZVOUS
(50 DAYS BEFORE PERIHELION )

T

-l

T
T

Cm BEE

600

bty
NEENBSRRRARY

I NN N
I

GLY

PTH
-Iiclllll H
L(2.k)

e
CLIPT

o
e
e

|

O

NN N

|
1

RN

HH

if

ke

| EENN Uk

Mass
kg
400

Net Spacecraft

1b
880

300

660

200
100

440
220

500

| pEm

0

Flight Time, days

CAPABILITY OF AN SLV3C/CENTAUR/SOLAR-ELECTRIC LAUNCH VEHICLE FOR

COMETARY AND EXTRAECLIPTIC MISSIONS

FIGURE IV-E-13.




Net Spacecraft

Mass

1b
4400

3960

3520

3080

2640

2200

1760

1320

880

440

kg
2000

1800

1600

1400

1200

1000

800

600

400

200

e
DS 148(30
@‘3’ 9"§,‘§’
LG,
R
8(23)
=4 52(38)
™ ) 0(L0)
G T - - T ;
e L\5° mﬁc LEX_; ﬂﬂ' g i
;g_f; 0) Lo FHHE. COMET D'ARREST RENDEZVOUS
g (50 DAYS BEFORE PERTHELTON )
Eess 9(39)
(15) % 607 EmRAEGLI?EO T i
E%Zn 18(11
500 600 700 800

FIGURE IV-E-14.

Flight Time, days

CAPABILITY OF A TITAN IIID/CENTAUR/SOLAR-ELECTRIC LAUNCH VEHICLE
FOR COMETARY AND EXTRAECLIPTIC MISSIONS

8T-H=-AI



GROSS

PAYLOAD
LB K6 X I |
l l 1000 FLIGHT TIME, days
880 (400)
660 (300)
4140 (200
220 (IOO)
0 100 200 300 400 500
MARCH 29, 1975 AUG 8, 1976
DEPARTURE DATE (EPOCH JULIAN DATE  2442500.5)
FIGURE IV-E-15. GROSS PAYLOAD VERSUS DEPARTURE DATE
FOR JUPITER FLYBY WITH AN SLV3C/
CENTAUR/SOLAR-ELECTRIC SPACECRAFT




IV-E-20

Net Spacecraft
/ Mass
1b kg

8800 4000 amansammmaamnaa amamaans e e EEEs
Note D = Direct Trajectory éi
! I = Indirect Trajectory HH
See text Page IV-E-3., o
6600 3000
%>
T 3
TTER
S
4400 2000 ! H
‘@@ ; 3
S oV
i ‘9 b @C‘) -+
2200 1000 ‘ S . p°
HH D paas
s ] i -H
o @gﬁ@@
Q‘f :—9 s o'
0 0
0 1000 2000 3000 4000

Flight Time, days

FIGURE IV-E-16,. CAPABILITY OF A TITAN IIID/CENTAUR/15 KW SOLAR*ELECTRIC
LAUNCH VEHICLE FOR OUTER PLANET FLYBYS




Net Sﬁ:cecraft
i ss

+.1b kg
17600 8000

13200 6000

8800 4000
4400 2000
0 0

Note: D = Direct Trajectory EE
I = Indirect Trajectory gy
See text Page IV-E-3. i
J<] i MARS (TTTID/CENTAUR ALONE
8:”::f t I”#HH 1 ﬁﬂ" 3
i u M. D TITr D{ ﬂ
: VENUS H s
2
? HewS e D pRannans=" Coans ]
e St t
H"1‘§¥ERGQRy
*‘us*£*1)_”
i | vty
3 rs
4
0 100 200 300 400 500 600 700 800 900

Flight Time, days

FIGURE IV-E-17. CAPABILITY OF A TITAN IIID/CENTAUR/15 KW SOLAR-ELECTRIC LAUNCH VEHICLE FOR INNER
PLANETARY AND CERES FLYBYS




IV-E-22

Net Spacecraft
Mass

1b kg

3960 1800 i BRE . k~>\_j, ;:Hf e

AR A R R A
U Note: D = Direct Trajectory iﬁ

»,Iﬁfx{: I = Indirect Trajectory
3520 1600 aumneaunauly jaEma See text Page IV-E-3.

giss Eo8% li T S

R . I IBAE GHNSE AN AR RN AR A

1400 8282 Sans, i A I prHs £ H
' Hio 588527 ((SEHE dazaditant faca) Inkay RRGaN Rugex DGEH RRRE

shetd SEeh 5&:?’5%‘{ i S T

3080

inEAN [ a | =
H | | 11
2200 1000 =¥ B 8Y mEmRRas T ! i
7~ﬂ-h£ g } i
g /s gm aw 4 4B mnwn
ERE2ar ana b f" HHHH H
1760 800 FENEEE EEEEEE o] mE 0 o
e SH i
A f — : msss
maR ’r# g § i
1320 600 - SHH ;
f =l :
| L] 1 1]
! DEf g ol
) 1T T
1 I
880 400 l : HH
3D ! 4 ! mEEE g
HHHH EEEEEEENS ARSESERSDMGRPY ?@@ H
AEEN | T 1 T ‘— s |
440 200 DR ST 1
EEEE am i T H 1 N 1
i A
1t NN EE N Tt t S i
T Saua pasanssast Lamp Aus E3%aaa aaeay taasasanns
0 0 - : aes 15550 Banss peataRias e Aniee pAsA Spady fusy)

0 2000 4000 6000 8000

Flight Time, days

FIGURE IV-E-18. CAPABILITY OF A TITAN IIID/CENTAUR/15 KW SOLAR-ELECTRIC
LAUNCH VEHICLE FOR OUTER PLANET ORBITERS




Net Spacecraft

Mass
1b
11000

kg
5000

IV-E-23

TPy e Y mmr mmm _— -

RS R e e T SEgi

41 [TT ] | W

L >0 i

! w4 enHE
O O I T Il 1
& O K
Q ™ ) HH
v T > i 1]
SEEL
o] & o YN 0 i
e (3} AOGG_IIIH u H ] 1]
&y 11 |
O & HHAEH :
m ,m. ._m. N H H
—H g op i |
A H B R 1

E 00 oo By H 1}

- (o f\_a Am.w.

- A HW®M | u

[ w0 E R NN

i & oX HH

8 e SFEEEEE w - NN

|

T O u EEEE

Ik O A} - A

[ = na - EHT

juannNmnns | HH NEEmduERsaENAERE

T HHH HH
EENNENNNNEE AN I IH
8 HH
B EEEEREEREREREERCS | ]
1 HH g I
|+ 44 II:I. .HH..!II. I “ =x “

- Eams RN \mn 4= T H
LN N
H . )

i

1 H 8;

4000

8800

3000
2000

6600
4400

1000

2200

900

800

700

600

500

400

300

200

Flight Time, days

CAPABILITY OF A TITAN IIID/CENTAUR/15 KW SOLAR-ELECTRIC
LAUNCH VEHICLE FOR INNER PLANETARY AND CERES ORBITERS

FIGURE IV=-E-19,




Net Spacecraft

Mass
4400 2000
3960 1800
3520 1600
3080 1400
2640 1200
gﬂﬁgg?
2200 1000 ‘ﬁgﬁngfgéggﬁﬁ\ sHEsER
D PETOER
1] P&Q
1760 800 '
1320 600 ‘ i
y5° EXTRARCLIETEC L et

880 400 - HRRSARSNRRCS esssass
440 200

0 0

500 600 750 Lk

Flight Time, days

FIGURE IV-E-20. CAPABILITY OF A TITAN IIID/CENTAUR/15 KW SOLAR=ELECTRIC
LAUNCH VEHICLE FOR COMETARY AND EXTRAECLIPTIC MISSIONS

72-4-A1



SECTION IV-F

PERFORMANCE OF NUCLEAR-THERMAL AND
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SECTION IV-F

PERFORMANCE OF NUCLEAR-THERMAL
AND NUCLEAR-ELECTRIC PROPULSION SYSTEMS

The figures of this section present performance data for selected launch vehicles
with upper stages or spacecraft using nuclear-thermal or nuclear-electric propulsion systems.
The systems shown were selected as having significant potential for improving launch vehicle
capability.

Figures IV-F-1 and IV-F-2 show performance estimates for vehicles with a solid-
core nuclear rocket stage [identified here as SIVB(N)] substituted for the SIVB. This stage
could be developed using the results of the current NERVA technology development program and
could probably be available by 1978-79 (see Reference IV-F-1). The SIVB(N) would have one
75,000 1b thrust, 825 sec ISP nuclear rocket. The SIVB(N) propellant loading varies with
each vehicle and has been selected to maximize overall launch vehicle performance when the
Centaur is used as an upper stage (see Reference IV-F-2). The performance data are based
on an assumption of a suborbital start where required.

Figure IV-F-3 shows performance estimates for vehicles with a 38,000 1b weight
solid-core nuclear rocket stage [identified here as Centaur(N)] substituted for the Centaur.
This stage design is based on past studies of small solid-core nuclear engines and stages
(see Reference IV-F-3). The stage could probably be available by 1978.

Figure IV-F-4 shows performance estimates for vehicles where the SIVB(N) and
Centaur (N) solid-core nuclear rocket stages are substituted for the SIVB and Centaur,
respectively. These curves indicate the upper limit of launch vehicle performance
improvement potentially available through the introduction of current nuclear propulsion
technology.

Figures IV-F-5 to IV-F-8 show the potential performance of a nuclear-electric
propulsion system on the Titan IIID(7)/Centaur (see Reference IV-F-4 for related infor-
mation). These data are based on an assumed propulsion system specific weight of 40

1b/kw (considered to include the power source, thrustors, and power conversion equipment).
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Payload is defined as the initial spacecraft weight minus the weight of the propulsion
system (as defined above), propellant, tankage, and any structure that would not be
required if the spacecraft propulsion system were not used. For orbiter missions, a highly
eccentric elliptical orbit with periapsis equal to 2 planetary radii, and a chemical retro-
propulsion unit with an ISP of 300 sec and a propellant fraction of 0.8 has been assumed.
The data shown are optimized; i.e., for each objective and flight time, a specific set of
spacecraft parameters (power level, specific impulse, booster injection velocity, etc.)
and a thrusting history have been chosen that yield the maximum delivered payload.

It should be emphasized that the nuclear=-electric propulsion technology is not
as well established as that of solar-electric propulsion. Whereas the solar-electric
system is a near-term possibility, the nuclear-electric system is not likely to be

available before the mid 1980's.
References

IV-F-1. "20-Year Forecast of Nuclear Propulsion', Memorandum from D. S. Gabriel,
SNPO to Director of Launch Vehicles and Propulsion Programs, June 7, 1968.
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Division, Douglas Aircraft Company, 1967.
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SECTION IV-G

RETRO-PROPULSION AND APOGEE KICK
MOTOR SYSTEM DATA

This section provides information for making planning estimates of system weights

for retro-propulsion to enter planetary orbits, for apogee kick stages to enter a prescribed

arth orbit, and for other similar applications. The information contained in Figures IV-G-1,
-G-1, IV-G-2, IV-G-3, and IV-G-4 can be used with information derived from Figures II-27a
nd II-27b in Section IT to estimate the size of the retro-propulsion system for establishing
lanetary orbits. It also can be used with Figures II-30, 3la, 31b, 3lc, 32a, and 32b to
stimate the size of propulsion systems for satisfying requirements for transfer apogee

impulse, Earth orbital plane change velocity increment, or a combination of these.

To use the Figures of section IV-G the following information is required.
AV - the required velocity increment, ft/sec
I - the specific impulse of the selected propellant system, sec
WL - the spacecraft weight exclusive of the propulsion system, 1lb,
rst, the ratio AV/Ig0 is calculated, where & is 32,17 ft/secz. Then, interpolating
tween the lines of constant AV/Igo as required, the weight of the required propulsion
stem (WRP) can be obtained.

The curves are based on specific empirical relationships between size of a pro-
lsion system and its mass fraction, or ratio of propellant weight to total propulsion
stem weight. Among other things, the mass fraction depends on the division of functions
tween the spacecraft and the propulsion system, the acceleration level chosen or per-

ssible for the maneuver®

, and detailed mission-related factors, The relationships used
Figures IV-G-1, IV-G-2, and IV-G-3 are for liquid propulsion systems, and it is assumed

at the systems include a thrust vector control system and basic load-carrying structure

Thrust equal to propellant weight was used in Figures IV-G-1, IV-G-2, and IV-G-3. This
choice leads to reasonable values of the burn time for the types of maneuver being con-
sidered here. Some variation in thrust/weight is permissible without significant changes
in the data shown.
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but do not include guidance, power, oOr control electronics systems. Figure IV-G-1 presents
information for Earth storable propellants; Figures IV-G-2 and IV-G-3 present similar data
for systems using mildly cryogenic space storable propellants and deep cryogenic propellants
respectively. Propulsion system Weights given in Figure IV-G-4 are for application of
solid propellant motors where the spacecraft is assumed to provide all structure (other
than motor case) and control functions, as for example with apogee Kick motors in spin-
stabilized spacecraft,

Liquid propulsion systems employing Earth storable propellants, such as N204/
Aerozine 50, yield specific impulses in the range of 300 to 325 sec (Figure IV=G-=1). The
mildly cryogenic space storable propellants, such as OFZ/BZHG or Flox/CHa, produce specific
impulses in the range of 390 to 410 sec (Figure IV-G-2). Deep cryogenic propellants, such
as HZ/FZ’ produce specific impulses in the range of 455 to 465 sec (Figure IV-G-3). The
specific impulse may be taken as 285 to 290 sec for current solid propellant propulsion
systems and up to 310 sec for future solid propellant systems (Figure IV=-G=5). These may
be considered as conservative and optimistic limits in using data from the figures in this
section,

If the required velocity increments are large, consideration should be given to
the use of two or more propulsion stages, especially when the total propulsion. system weight
becomes large compared to the spacecraft weight. There is obviously a trade-off between
system weight and system complexity. Multistage propulsion systems should be considered
when the propulsion-system weight exceeds that of the spacecraft by a factor of about 10,
shown by the region above the broken lines in the figures. As a first approximation, the
velocity increment may be divided equally among the propulsion stages, using the minimum
number of stages required to maintain the ratio of the final, or smallest, stage weight
to spacecraft weight below about 10, Each stage can then be sized from the appropriate
figure, if it is remembered that, for the lower stages, WL must include not only the
spacecraft weight but all upper stages as well,

The propulsion system weight determined by the methods of this subsection
should be added to the spacecraft weight exclusive of the propulsion system to obtain

the total spacecraft weight, This total spacecraft weight is the launch vehicle payload
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to be used with the figures of Section IV-A and with those systems in Section IV-F which
do not involve nuclear-electric spacecraft propulsion,

Because of the many factors which influence the choice of propellants and the
design and performance of spacecraft propulsion systems, the user is cautioned that
propulsion system weights obtained by the above procedures should be used only as estimates
for planning purposes. Should assistance be needed, the user may contact the persons listed

in the Foreword of this document,
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SHROUD CONFIGURATIONS
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SECTION V

SHROUD CONFIGURATIONS

This section presents line drawings, nominal dimensions, and available payload
volumes of shrouds for some launch vehicles and upper stages. Dimensions are given
in inches unless otherwise noted.

The mission planner should, when possible, consider and provide data on the
shape of his payload. This factor, as well as payload weight and characteristic velocity
(or orbital parameter) requirements, is important in selecting the appropriate vehicle
for a mission. If the currently available shroud for an otherwise applicable launch
vehicle will not permit installation of the payload, modifications are, in general,
possible. However, such modifications may be expensive, either in terms of development
and recurring costs or in terms of launch vehicle performance. If the required modifi-
cations lead to the necessity for hammerheading or configurations with excessively high

slenderness ratios, considerable work may be needed to determine feasibility.
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* Approximate dimensions to be used for preliminary layout only

FIGURE V-10. SATURN IB AND SATURN V SHROUD (BASED ON VOYAGER NOSE CONE)
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FIGURE V-11. SATURN IB AND SATURN V SHROUD
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SECTION VI

DEFINITION OF TERMS

a.U., astronomical unit:

The mean distance between Earth and the Sun.

Apsis:
The point on an orbit where the distance from the attracting body is either

greatest or least. The greatest distance is the apoapsis, while ‘the least is the

periapsis.

Aphelion:

The apoapsis of an orbit about the Sun.

w

A measure of kinetic energy (i.e., twice the kinetic energy/unit mass), relative
to Earth, remaining after Earth escape, given in kmz/secz. The square of the hyper-

bolic excess velocity.

Declination angle:

The angle between a vector and the equatorial plane. The declination angle,
as used in Section II, refers to the declination of the hyperbolic excess velocity vector

with respect to the Earth's equatorial plane.
P q P

Eccentricity:

An indicator of the shape of an orbit. For elliptical orbits, the eccentricity
is the difference between apoapsis and periapsis, divided by their sum. For a circular
orbit, the eccentricity is zero; for elliptical orbits, the eccentricity approaches 1 as

the orbit becomes more elongated. For hyperbolic orbits, the eccentricity is greater

than 1.
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Hyperbolic excess velocity:

In the preliminary analysis of interplanetary trajectories, both the Earth-
centered escape path and the target planet-centered approach path are hyperbolic.

The hyperbolic excess velocity is the velocity at an infinite distance along the as=

ymptote of the hyperbolic path. For Earth escape paths, the hyperbolic excess velocity

is approximately the velocity, relative to Earth, as the spacecraft departs the

Earth's sphere of influence. Conversely, as the spacecraft approaches a target planet,

the hyperbolic excess velocity of the approach hyperbola is approximately the velocity

relative to the target planet, as the spacecraft enters the sphere of influence.

Payload:
Payload is considered to include all elements, normally associated with the

spacecraft, which must be accelerated to a required final velocity.

Perihelion:

The periapsis of an orbit about the Sun.

Perijove:

The periapsis of an orbit about Jupiter.

Sphere of influence:

A loosely defined region about a planet within which the planet's gravitational

field dominates that of the Sun.

Stable libration points:

In a system with two attracting bodies, such as Earth and Moon, rotating about a
point, five positions may be found at which a third massless body could be placed in
equilibrium under the combined attracting force of the two bodies and the centripetal
acceleration associated with the rotation of the system. Only two of these points are

stable, such that a small displacement would give rise to forces tending to return the
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spacecraft to its original position. These stable libration points lie at 60 degree
angles on both sides of the line connecting the two attracting bodies, and are equi-
distant from both. This distance is equal to the distance between centers of the two

primary bodies.

Synodic period:

The periocd between two successive conjunctions of two bodies in orbit about a

central body.

VC’ characteristic velocity:

As used in this document, characteristic velocity has two meanings, one related
to the mission and the other related to the launch vehicle.

As used in Section II, the characteristic velocity is the arithmetic sum of all

- velocity increments required to perform a given mission, assuming the mission begins

from a 100 n., mi. parking orbit. The velocity in that orbit, 25,581 ft/sec, is included
in the characteristic velocity.

As used in Section IV-A, the characteristic velocity is the actual total velocity
deliverable for each given payload at an altitude of 100 n. mi. after an eastward launch

from ETR.

V.., ideal velocity:

I’

Ideal velocity as related to mission requirements above escape velocity is often

given as

-

v, ='\/§36,178)2 + (vaL) 2 + 4,000

or

Vo = Vg + 4,000

This quantity is the total idealized vehicle velocity capability, in ft/sec,

required to ‘achieve a given hyperbolic excess velocity after Earth escape from a 100

n. mi. parking orbit, assuming all velocity losses from Earth surface to escape are

equivalent to a 4,000 ft/sec velocity decrement.
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