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Chapter 1

Introduction

The NASA Design and Analysis of Rotorcraft (NDARC) software is an aircraft system analysis
tool that supports both conceptual design efforts and technology impact assessments. The principal tasks
are to design (or size) a rotorcraft to meet specified requirements, including vertical takeoff and landing
(VTOL) operation, and then analyze the performance of the aircraft for a set of conditions. For broad and
lasting utility, it is important that the code have the capability to model general rotorcraft configurations,
and estimate the performance and weights of advanced rotor concepts. The architecture of the NDARC
code accommodates configuration flexibility, a hierarchy of models, and ultimately multidisciplinary
design, analysis, and optimization. Initially the software is implemented with low-fidelity models,
typically appropriate for the conceptual design environment.

An NDARC job consists of one or more cases, each case optionally performing design and analysis
tasks. The design task involves sizing the rotorcraft to satisfy specified design conditions and missions.
The analysis tasks can include off-design mission performance calculation, flight performance calcula-
tion for point operating conditions, and generation of subsystem or component performance maps. For
analysis tasks, the aircraft description can come from the sizing task, from a previous case or a previous
NDARC job, or be independently generated (typically the description of an existing aircraft).

The aircraft consists of a set of components, including fuselage, rotors, wings, tails, and propulsion.
For each component, attributes such as performance, drag, and weight can be calculated; and the aircraft
attributes are obtained from the sum of the component attributes. Description and analysis of conven-
tional rotorcraft configurations is facilitated, while retaining the capability to model novel and advanced
concepts. Specific rotorcraft configurations considered are single-main-rotor and tail-rotor helicopter,
tandem helicopter, coaxial helicopter, and tiltrotor. The architecture of the code accommodates addition
of new or higher-fidelity attribute models for a component, as well as addition of new components.

1-1 Background

The definition and development of NDARC requirements benefited substantially from the ex-
periences and computer codes of the preliminary design team of the U.S. Army Aeroflightdynamics
Directorate (AFDD) at Ames Research Center.

In the early 1970s, the codes SSP-1 and SSP-2 were developed by the Systems Research Integration
Office (SRIO, in St. Louis) of the U.S. Army Air Mobility Research and Development Laboratory.
SSP-1 performed preliminary design to meet specified mission requirements, and SSP-2 estimated the
performance for known geometry and engine characteristics, both for single-main-rotor helicopters
(ref. 1). Although similar tools were in use in the rotorcraft community, these computer programs were
independently developed, to meet the requirements of government analysis. The Advanced Systems
Research Office (ASRO, at Ames Research Center) of USAAMRDL produced in 1974 two Preliminary
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Systems Design Engineering (PSDE) studies (refs. 2 and 3) using SSP-1 and SSP-2. These two codes
were combined into one code called PSDE by Ronald Shinn.

The MIT Flight Transportation Laboratory created design programs for helicopters (ref. 4) and
tiltrotors (ref. 5). Michael Scully, who wrote the helicopter design program and was significantly
involved in the development of the tiltrotor design program, joined ASRO in 1975, and ideas from the
MIT programs began to be reflected in the continuing development of PSDE. An assessment of design
trade-offs for the Advanced Scout Helicopter (ASH) used a highly modified version of PSDE (ref. 6).

A DoD Joint Study Group was formed in April 1975 to perform an Interservice Helicopter Com-
monality Study (HELCOM) for the Director of Defense Research and Engineering. The final HELCOM
study report was published in March 1976 (ref. 7). A result of this study was an assessment by ASRO
that PSDE needed substantial development, including better mathematical models and better technical
substantiation, more flexible mission analysis, and improved productivity for both design and analysis
tasks. Thus began an evolutionary improvement of the code, eventually named RASH (after the devel-
oper Ronald A. Shinn, as a consequence of the computer system identification of output by the first four
characters of the user name). RASH included improvements in flight performance modeling, output
depth, mission analysis, parametric weight estimation, design sensitivity studies, off-design cases, and
coding style. The code was still only for single-main-rotor helicopters.

In the early 1980s, tool development evolved in two separate directions with the Preliminary
Design Team at ASRO. RASH was developed into the HELO (or PDPAC) code, for conventional
and compound single-main-rotor helicopters. With the addition of conversion models and wing weight
estimation methods (refs. 8 and 9), RASH became the TR code, for tiltrotor aircraft. The JVX Joint
Technology Assessment of 1982 utilized the HELO and TR codes. A special version called PDABC,
including a weight estimation model for lift-offset rotors (ref. 10), was used to analyze the Advancing
Blade Concept. The JVX JTA report (ref. 11) documented the methodology implemented in these codes.

Work in support of the LHX program from 1983 on led to a requirement for maneuver analysis
of helicopters and tiltrotors, implemented in the MPP (Maneuver Performance Program) code by John
Davis. The core aircraft model in MPP was similar to that in TR and HELO, but the trim strategy in
particular was new. A design code does not require extensive maneuver analysis capability, but MPP had
an impact on the design code development, with the MPP performance and trim methods incorporated into
TR87. The sizing analysis of TR88 and the aircraft flight model from MPP were combined into the VAMP
(VSTOL Design and Maneuver Program) code. VAMP combined the capability to analyze helicopters
and tiltrotors in a single tool, although the capability of HELO to analyze compound helicopters was
not replicated.

In the early 1990s, the RC (RotorCraft) code emerged from the evolution of VAMP, with John
Preston as the lead developer (refs. 12 and 13). Some maneuver analysis capabilities from MPP were
added, and the analysis capability extended to helicopters. The models were confirmed by comparison
with results from TR and HELO. RC was operational by 1994, although HELO and TR continued to be
used into the mid-1990s. RC97 was a major version, unifying the tiltrotor and helicopter analyses. The
RC code introduced new features and capabilities, and productivity enhancements, as well as coding
standards and software configuration control. Special versions of RC were routinely produced to meet
the unique requirements of individual projects (such as ref. 14).

NASA, with support from the U.S. Army, in 2005 conducted the design and in-depth analysis of
rotorcraft configurations that could satisfy the Vehicle Systems Program technology goals (ref. 15). These
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technology goals and accompanying mission were intended to identify enabling technology for civil
application of heavy-lift rotorcraft. The emphasis was on efficient cruise and hover, efficient structures,
and low noise. The mission specified was to carry 120 passengers for 1200 nm, at a speed of 350 knots
and 30,000 ft altitude. The configurations investigated were a Large Civil Tiltrotor (LCTR), a Large
Civil Tandem Compound (LCTC), and a Large Advancing Blade Concept (LABC). The results of the
NASA Heavy Lift Rotorcraft Systems Investigation subsequently helped define the content and direction
of the Subsonic Rotary Wing project in the NASA Fundamental Aeronautics program. The design tool
used was the AFDD RC code. This investigation was an example of the role of a rotorcraft sizing code
within NASA. The investigation also illustrated the difficulties involved in adapting or modifying RC
for configurations other than conventional helicopters and tiltrotors, supporting the requirement for a
new tool.

1-2 Requirements

Out of this history, the development of NDARC began in early 2007. NDARC is entirely new
software, built on a new architecture for the design and analysis of rotorcraft. From the RC theoretical
basis, the parametric weight equations and the Referred Parameter Turboshaft Engine Model were used
with only minor changes. Use was also made of the RC component aerodynamic models and rotor
performance model. The current users of RC, informed by past and recent applications, contributed
significantly to the requirements definition.

The principal tasks are to design (size) rotorcraft to meet specified requirements, and then analyze
the performance of the aircraft for a set of flight conditions and missions. Multiple design requirements,
from specific flight conditions and various missions, must be used in the sizing task. The aircraft
performance analysis must cover the entire spectrum of aircraft capabilities, and allow general and
flexible definition of conditions and missions.

For government applications and to support research, it is important to have the capability to model
general rotorcraft configurations, including estimates of the performance and weights of advanced rotor
concepts. In such an environment, software extensions and modifications are routinely required to meet
the unique requirements of individual projects, including introduction of special weight and performance
models for particular concepts.

Thus the code architecture must accommodate configuration flexibility and alternate models, in-
cluding a hierarchy of model fidelity. Although initially implemented with low-fidelity models, typical
of the conceptual design environment, ultimately the architecture must allow multidisciplinary design,
analysis, and optimization. The component performance and engine models must cover all operat-
ing conditions. The software design and architecture must facilitate extension and modification of the
software.

Complete and thorough documentation of the theory and its software implementation is essential,
to support development and maintenance, and to enable effective use and modification. Most of the
history described above supports this requirement by the difficulties encountered in the absence of good
documentation. Documentation of the methodology was often prompted only by the need to substantiate
conclusions of major technology assessments, and occasionally by the introduction of new users and
developers. For a new software implementation of a new architectures, documentation is required from
the beginning of the development.
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Figure 1-1. Outline of NDARC tasks.

1-3 Overview

The NDARC code performs design and analysis tasks. The design task involves sizing the rotorcraft
to satisfy specified design conditions and missions. The analysis tasks can include off-design mission
performance analysis, flight performance calculation for point operating conditions, and generation of
subsystem or component performance maps. Figure 1-1 illustrates the tasks. The principal tasks (sizing,
mission analysis, and flight performance analysis) are shown in the figure as boxes with heavy borders.
Heavy black arrows show control of subordinate tasks.

The aircraft description (fig. 1-1) consists of all the information, input and derived, that defines
the aircraft. The aircraft consists of a set of components, including fuselage, rotors, wings, tails, and
propulsion. This information can be the result of the sizing task; can come entirely from input, for a
fixed model; or can come from the sizing task in a previous case or previous job. The aircraft description
information is available to all tasks and all solutions (indicated by light green arrows).
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The sizing task determines the dimensions, power, and weight of a rotorcraft that can perform a
specified set of design conditions and missions. The aircraft size is characterized by parameters such as
design gross weight, weight empty, rotor radius, and engine power available. The relationships between
dimensions, power, and weight generally require an iterative solution. From the design flight conditions
and missions, the task can determine the total engine power or the rotor radius (or both power and radius
can be fixed), as well as the design gross weight, maximum takeoff weight, drive system torque limit,
and fuel tank capacity. For each propulsion group, the engine power or the rotor radius can be sized.

Missions are defined for the sizing task and for the mission performance analysis. A mission
consists of a number of mission segments, for which time, distance, and fuel burn are evaluated. For
the sizing task, certain missions are designated to be used for engine sizing, for design gross weight
calculations, for transmission sizing, and for fuel tank sizing. The mission parameters include mission
takeoff gross weight and useful load. For specified takeoff fuel weight with adjustable segments, the
mission time or distance is adjusted so the fuel required for the mission (burned plus reserve) equals the
takeoff fuel weight. The mission iteration is on fuel weight or energy.

Flight conditions are specified for the sizing task and for the flight performance analysis. For the
sizing task, certain flight conditions are designated to be used for engine sizing, for design gross weight
calculations, for transmission sizing, for maximum takeoff weight calculations, and for antitorque or
auxiliary-thrust rotor sizing. The flight condition parameters include gross weight and useful load.

For flight conditions and mission takeoff, the gross weight can be maximized, such that the power
required equals the power available.

A flight state is defined for each mission segment and each flight condition. The aircraft performance
can be analyzed for the specified state, or a maximum effort performance can be identified. The maximum
effort is specified in terms of a quantity such as best endurance or best range, and a variable such as
speed, rate of climb, or altitude. The aircraft must be trimmed, by solving for the controls and motion
that produce equilibrium in the specified flight state. Different trim solution definitions are required for
various flight states. Evaluating the rotor hub forces may require solution of the blade flap equations of
motion.

1-4 Terminology

The following terminology is introduced as part of the development of the NDARC theory and
software. Relationships among these terms are reflected in figure 1-1.

a) Job: An NDARC job consists of one or more cases.

b) Case: Each case performs design and/or analysis tasks. The analysis tasks can include off-design
mission performance calculation, flight performance calculation for point operating conditions, and
generation of airframe aerodynamics or engine performance maps.

c¢) Design Task: Size rotorcraft to satisfy specified set of design flight conditions and/or design missions.
Key aircraft design variables are adjusted until all criteria are met. The resulting aircraft description can
be basis for the mission analysis and flight performance analysis tasks.

d) Mission Analysis Task: Calculate aircraft performance for one off-design mission.

e) Flight Performance Analysis Task: Calculate aircraft performance for point operating condition.
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f) Mission: Ordered set of mission segments, for which time, distance, and fuel burn are evaluated.
Gross weight and useful load are specified for the beginning of the mission, and adjusted for fuel burn
and useful load changes at each segment. Missions are defined for the sizing task and for the mission
performance analysis.

g) Flight Condition: Point operating condition, with specified gross weight and useful load. Flight
conditions are specified for the sizing task and for the flight performance analysis.

h) Flight State: Aircraft flight condition, part of definition of each flight condition and each mission
segment. Flight state solution involves rotor blade motion, aircraft trim, and perhaps a maximum-effort
calculation.

i) Component: The aircraft consists of a set of components, including fuselage, rotors, wings, tails, and
propulsion. For each component, attributes such as performance, drag, and weight are calculated.

j) Propulsion: A propulsion group is a set of components and engine groups, connected by a drive
system. An engine group consists of one or more engines of a specific type. The components define
the power required. The engine groups define the power available. A jet group consists of one or more
systems that produce a force on the aircraft. A charge group consists of systems that generate energy
for the aircraft. Fuel tank systems are associated with the engine groups, jet groups, and charge groups.
Fuel quantity is measured as either weight or energy.

1-5 Analysis Units

The code can use either English or SI units for input, output, and internal calculations. A consistent
mass-length-time-temperature system is used, except for weight and power:

length mass time temperature weight power
English: foot slug second °F pound horsepower
SI: meter kilogram second °C kilogram kiloWatt

Weight in the design description is actually mass, with pounds converted to slugs using the reference
gravitational acceleration (9.80665 m/sec?). Gravitational force is the product of the mass and the actual
acceleration due to gravity. In addition, the default units for flight conditions and missions are: speed
in knots, time in minutes, distance in nautical miles, and rate of climb in feet-per-minute. The user can
specify alternate units for these and other quantities.

1-6 Outline of Report

This document provides a complete description of the NDARC theoretical basis and architecture.
Chapters 3-5 describe the tasks and solution procedures, the cost model is described in chapter 6, the
emissions model is described in chapter 7, and chapters 8—20 present the models for the aircraft and
its components. The propulsion system models are described in chapters 15-20. The engine, jet, and
charger models are described in chapters 21-28; and the weight models in chapters 29and 31. The
accompanying NDARC Input Manual describes the use of the code.
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Chapter 2

Nomenclature

The nomenclature for geometry and rotations employs the following conventions. A vector x is a
column matrix of three elements, measuring the vector relative to a particular basis (or axes, or frame).
The basis is indicated as follows:

a) 24 is a vector measured in axes A;
b) 27F/4 is a vector from point F to point E, measured in axes A.

A rotation matrix C' is a three-by-three matrix that transforms vectors from one basis to another:
¢) CB4 transforms vectors from basis A to basis B, so 2% = CBAzA.

The matrix CB4 defines the orientation of basis B relative to basis A, so it also may be viewed as rotating
the axes from A to B. For a vector u, a cross-product matrix « is defined as follows:

0 —Uus (5
U= us 0 —Uu
—U2 Ul 0

such that wv is equivalent to the vector cross-product u x v. The cross-product matrix enters the rela-
tionship between angular velocity and the time derivative of a rotation matrix:

CAB _ _5AB/AGAB _ AB;BA/B

(the Poisson equations). For rotation by an angle « about the x, y, or z axis (1, 2, or 3 axis), the following
notation is used:

1 0 0
Xoa=10 cosa sina
|0 —sina  cosa |
[cosa 0 —sina]
Y, = 0 1 0
| sina 0 Cos & |
[ cosa sina 0]
Zo=|—sina cosa 0
0 0 1]

Thus for example, CP4 = X,YyZ, means that the axes B are located relative to the axes A by first
rotating by angle ) about the z-axis, then by angle # about the y-axis, and finally by angle ¢ about the
-axis.
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Acronyms
AFDD
ASM
CAS
CG
CPI
CT™M
EG
GW
IAS
IGE
IRP
IRS
ISA
ISO
IG
MCP
MCT
MlJ
MRP
NDARC
OEI
OGE
PG
RPJEM
RPTEM
SDGW
SI
SLS
TAS
WMTO

Weights
Wp
Wg
Wuro
Wsp
Wa
Wo
Wur
Wpay
Whuel
WrutL
Wburn
Wiib
Wcont
X

Nomenclature

U.S. Army Aeroflightdynamics Directorate
available seat mile

calibrated airspeed

charge group

consumer price index

Cost Too Much (cost model)

engine group

gross weight

indicated airspeed

in ground effect

intermediate rated power

infrared suppressor

International Standard Atmosphere
International Organization for Standardization
jet group

maximum continuous power

maximum continuous thrust

Mega-Joule

maximum rated power

NASA Design and Analysis of Rotorcraft
one engine inoperative

out of ground effect

propulsion group

referred parameter jet engine model
referred parameter turboshaft engine model
structural design gross weight

Systéme International d’Unités (International System of Units)
sea level standard

true airspeed

maximum takeoff weight

design gross weight

empty weight

maximum takeoff weight

structural design gross weight

gross weight, Wg = Wg + Wy, = Wo + Woay + Wiyel
operating weight, Wo = Wg + Wgryr
useful load, Wy, = Wryr + Whay + Whuel
payload

fuel weight

fixed useful load

mission fuel burn

vibration control weight

contingency weight

technology factor



Nomenclature

Fuel Tanks

quel—cap
Efuel—cap
V%uel—cap
Nauxtank
Waux—cap

Eauxfcap

Power
PreqPG
PrquG
PreqCG
PavPG
PaUEG
PaUCG
Pcomp

s

xmsn

50

CcC

=

inop
Ppstimit
PEstimit
Prstimit

Engine

v

eng

Neng

11

fuel capacity, maximum usable fuel weight
fuel capacity, maximum usable fuel energy
fuel capacity, volume

number of auxiliary fuel tanks

auxiliary fuel tank capacity (weight)
auxiliary fuel tank capacity (energy)

power required, propulsion group; Peomp + Pxmsn + Pace

power required, engine group

power required, charge group

power available, propulsion group; min(}" fpPavra, (Qprim/ret) PDSlimit )
power available, engine group; (Neng — Ninop) Pav

power available, charge group; (Nchrg — Ninop) Paov

component power required

transmission losses

accessory power

number of inoperative systems, engine group or jet group or charge group
drive system torque limit (specified as power limit at reference rotor speed)
engine shaft limit

rotor shaft limit

sea level static power available per engine at specified takeoff rating
number of engines in engine group

power available, installed; min(P, — Ploss, Pmech)
power available, uninstalled

power required, installed; P, — Pioss

power required, uninstalled

installation losses

mechanical power limit

specific power, P/ (conventional units)

specific fuel consumption, «w/P (conventional units)
mass flow (conventional units)

fuel flow (conventional units)

energy flow

net jet thrust

momentum drag

specification turbine speed

specific weight, P/W
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Nomenclature

Jet
Teng sea level static thrust available per jet at specified takeoff rating
Njet number of jets in jet group
Tovca thrust available, jet group; (Njet — Ninop)Tav
Tow thrust available, installed; min(7,7, Tiech)
T, thrust available, uninstalled
Treqic thrust required, jet group
Treq thrust required, installed; 7,n
T, thrust required, uninstalled
n installation losses (efficiency)
Trnech mechanical thrust limit
ST specific thrust, 7'/rh (conventional units)
sfc specific fuel consumption, « /T (conventional units)
m mass flow (conventional units)
w fuel flow (conventional units)
D,ux momentum drag
SW specific weight, T'/W
Charger
Penrg sea level static power available per charger at specified takeoff rating
Nehrg number of chargers in charge group
n installation losses (efficiency)
Tip Speed and Rotation
Viip—ref reference tip speed, propulsion group primary rotor; each drive state
r gear ratio; Qgep/Qprim for rotor, Qgpec/Qprim for engine
Qprim primary rotor rotational speed, Q = Viip_rer/R
Qdep dependent rotor rotational speed, Q = Viip—ref/R
Qgpec specification engine turbine speed
Nspec specification engine turbine speed (rpm)
Mission
T mission segment time
D mission segment distance
dR mission segment range contribution
E endurance
R range
w fuel flow



Nomenclature

Environment

g
h

=39 _E YT O

Axis Systems

ST

Geometry
SL, BL, WL

z/L,y/L,z/L
L

Ty Y, 2

S wet

gravitational acceleration
altitude

speed of sound

density

kinematic viscosity
viscosity

temperature, °R or °K
temperature, °F or °C
wind speed

inertial

aircraft

component aerodynamic
component

velocity

fixed input position (station line, buttline, waterline)
positive aft, right, up; arbitrary origin

scaled input position; positive aft, right, up; origin at reference point
reference length (fuselage length, rotor radius, or wing span)

calculated position, aircraft axes; positive forward, right, down;
origin at reference point for geometry,

origin at center of gravity for motion and loads

component position vector, in aircraft axes, relative reference point

length
wetted area

13
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Motion
¢r, 0p, Yr
(3
Ov, v
U,I:;C
Wic
afio
n

chal
Vvind

Nomenclature

roll, pitch, yaw angles; orientation airframe axes F relative inertial axes
turn rate

climb, sideslip angles; orientation velocity axes V relative inertial axes
aircraft velocity

aircraft angular velocity

aircraft linear acceleration

load factor

aircraft velocity magnitude

horizontal velocity

forward velocity

sideward velocity

climb velocity

calibrated airspeed

indicated airspeed

Aerodynamics and Loads

D,Y,L
My, My, M,
Cd, Cy
Cp,Cy,Cy
Ce,Cyp, Cn
D/q

Aircraft
DL
Aref
WL
S, ref

CAC

component velocity relative air (including interference)

dynamic pressure, 1sp|v|?

angle of attack, component axes B relative aerodynamic axes A
sideslip angle, component axes B relative aerodynamic axes A

ratio flap chord to airfoil chord, ¢y /c

flap deflection

force

moment

aerodynamic drag, side, lift forces (component aerodynamic axes A)
aerodynamic roll, pitch, yaw moments (component aerodynamic axes A)
section drag, lift coefficients

component drag, side, lift force coefficients

component roll, pitch, yaw moment coefficients

drag area, SCp (S = reference area of component)

disk loading, Wp /A,et

reference rotor area, y . f4 A; typically projected area of lifting rotors
wing loading, Wp /St

reference wing area, »  S; sum area all wings
aircraft control

control matrix

component control, ¢ = STcac + ¢o

tilt control variable

aircraft hover figure of merit, W/W/2pA,ct/P
aircraft effective drag, P/V

aircraft effective lift-to-drag ratio, WV/P
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Rotor
W/A

<

CT/O'

ﬂc’ﬂs

to.75

0,0,
H,Y,T
M, , M,

Q

Pz', Pt’ Po’ Pp
K

Cdmean

M
L/D,
"

Wing
w/S

%Q S U
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disk loading, W = fyy Wp
design blade loading, W/pAV;3,
blade radius

disk area

solidity (ratio blade area to disk area)

design thrust of antitorque or auxiliary-thrust rotor

direction of rotation (1 for counter-clockwise, —1 for clockwise)
blade span coordinate

blade azimuth coordinate

advance ratio

inflow ratio

tip speed

tip Mach number

advancing tip Mach number

blade flap frequency (per-rev)

blade Lock number

thrust coefficient divided by solidity, T/pA(QR)?c
longitudinal, lateral flapping (tip-path plane tilt relative shaft)
blade collective pitch angle (at 75% radius)

lateral, longitudinal blade pitch angle)

drag, side, thrust force on hub (shaft axes)

roll, pitch moment on hub

shaft torque

induced, interference, profile, parasite power

induced power factor, P; = kPiqeal

profile power mean drag coefficient, Cp, = (0/8)cimeanF'r
rotor hover figure of merit, T fpv/P

rotor effective lift-to-drag ratio, VL/(P; + P,)

propulsive efficiency, P,/P = —XV/P

o (Vsip = hover tip speed)

wing loading, W = fi Wp
area

span

chord, S/b

aspect ratio, b*/S
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Nomenclature



Chapter 3

Tasks

The NDARC code performs design and analysis tasks. The design task involves sizing the rotorcraft
to satisfy specified design conditions and missions. The analysis tasks can include mission performance
analysis, flight performance calculation for point operating conditions, and generation of subsystem or
component performance maps.

3-1 Size Aircraft for Design Conditions and Missions

3-1.1 Sizing Method

The sizing task determines the dimensions, power, and weight of a rotorcraft that can perform a
specified set of design conditions and missions. The aircraft size is characterized by parameters such as
design gross weight (Wp) or weight empty (Wg), rotor radius (R), and engine power available (P.yg).
The relationships between dimensions, power, and weight generally require an iterative solution. From
the design flight conditions and missions, the task can determine the total engine power or the rotor
radius (or both power and radius can be fixed), as well as the design gross weight, maximum takeoff
weight, drive system torque limit, and fuel tank capacity. For each propulsion group, the engine power
or the rotor radius can be sized:

a) Engine power: Determine P, for fixed R. The engine power is the maxi-
mum of the power required for all designated sizing flight conditions and sizing
missions (typically including vertical flight, forward flight, and one-engine inopera-
tive). Hence the engine power is changed by the ratio max(Preqpc/Pavpra) (€xclud-
ing flight states for which zero power margin is calculated, such as maximum gross
weight or maximum effort). This approach is the one most commonly used for the
sizing task.

b) Rotor radius: Determine R for input P,,,. The maximum power required for all
designated sizing flight conditions and sizing missions is calculated, and then the
rotor radius determined such that the power required equals the input power available.
The change in radius is estimated as R = Roia\/Preqpc/Pavpc (excluding flight
states for which zero power margin is calculated, such as maximum gross weight or
maximum effort). For multi-rotor aircraft, the radius can be fixed rather than sized
for some rotors.

Alternatively, P.,, and R can be input rather than sized. For each engine group that consumes power,
the design power can be sized:

Determine P.,,. The design power is the maximum of the power required for all
designated sizing flight conditions and sizing missions. Hence the design power
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is changed by the ratio max(P,¢qrc/Pavec) (excluding flight states for which zero
power margin is calculated).

For each jet group, the design thrust can be sized:

Determine T}.;. The design thrust is the maximum of the thrust required for all
designated sizing flight conditions and sizing missions. Hence the design thrust
is changed by the ratio max(T,eqsc/Tuvsc) (excluding flight states for which zero
thrust margin is calculated).

For each charge group, the design power can be sized:

Determine Pe,,. The design power is the maximum of the power required for all
designated sizing flight conditions and sizing missions. Hence the design power
is changed by the ratio max(P,.qcc/Pavce) (€xcluding flight states for which zero
power margin is calculated).

Aircraft parameters can be determined by a subset of the design conditions and missions:

a) Design gross weight Wp: maximum gross weight from designated conditions
and missions (for which gross weight is not fixed).

b) Maximum takeoff gross weight Wy,r0: maximum gross weight from designated
conditions (for which gross weight is not fixed).

¢) Drive system torque limit Ppgyimit: maximum torque from designated conditions
and missions (for each propulsion group; specified as power limit at reference rotor
speed).

d) Fuel tank capacity: maximum fuel weight Wiyel_cap O €nergy Efyel_cap from
designated missions (without auxiliary tanks).

e) Antitorque or auxiliary thrust rotor design thrust Tyesign: maximum rotor thrust
from designated conditions and missions.

Alternatively, these parameters can be fixed at input values. The design gross weight (Wp) can be fixed.
The weight empty can be fixed or scaled with Wp, which is implemented by changing the contingency
weight.

A successive substitution method is used for the sizing iteration, with an input tolerance e. Re-
laxation is applied to Peyg Or R, Tict, Pehrg>» Wps W0, Ppostimits Wiuel—cap OF Etuel—cap» ad Tyesign -
Convergence is tested in terms of these parameters, and the aircraft weight empty Wg. Two successive
substitution loops are used. The outer loop is an iteration on performance: engine power or rotor radius,
jet thrust, charger power. The inner loop is an iteration on parameters: Wp, Warro, Ppsiimits Wiuel—cap
Or Efyel—cap» a0d Tyesign. Either loop can be absent, depending on the definition of the size task.

For each flight condition and each mission, the gross weight and useful load are specified. The
gross weight can be input, maximized, or fallout. For flight conditions, the payload or fuel weight can be
specified, and the other calculated; or both payload and fuel weight specified, with gross weight fallout.
For missions, the payload or fuel weight can be specified, the other fallout, and then time or distance of
mission segments adjusted; or fuel weight calculated from mission, and payload fallout; or both payload
and fuel weight specified (or payload specified and fuel weight calculated from mission), with gross
weight fallout. For each flight condition and mission segment, the following checks are performed:
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a) The power required does not exceed the power available: P,..,pc < (1 +¢€)Pupa
(for each propulsion group).

b) The torque required does not exceed the drive system limit:  Pregpa/2 <
(1 + €)Ppsiimit/Qprim (for each propulsion group). Rotor shaft torque and engine
shaft torque are also checked.

c) The jet thrust required does not exceed the thrust available: Tcq5q < (14€)Thwic
(for each jet group).

d) The charger power required does not exceed the power available: P,..,cqc <
(14 €)Payoc (for each charge group).

e) The fuel weight does not exceed the fuel capacity: Wiyt < (1 + €)(Wryel—cap +
>~ Nauxtank Waux—cap) (including auxiliary tanks).

These checks are performed using an input tolerance e.

Sizing flight conditions typically include takeoff (hover or specified vertical rate of climb), one-
engine inoperative, cruise or dash, perhaps transmission, and perhaps mission midpoint hover. Sizing
missions typically include a design mission and a mission to determine fuel tank capacity.

3-12 Component Sizing

3-1.2.1 Propulsion System

The engine size is described by the power P.,,, which is the sea-level static power available per
engine at a specified takeoff rating. The number of engines N, is specified for each engine group.

If the sizing task determines the engine power for a propulsion group, the power P, of at least one
engine group is found (including the first engine group). The total power requiredis Ppg = 7 > Neng Peng
where r = max(Preqpc/Pavpc). The sized power iS Psized = PpG — Y gixeq NVeng Peng» Where the sum is
over the engine groups for which the power is fixed. Then the sized engine power is Peng = fr Paized/Neng
for the n-th engine group (with f, an input ratio and f1 = -, , ,.q fn for the first group).

The jet size is described by the thrust T}.¢, which is the sea-level static thrust available per jet at
a specified takeoff rating. The number of jets N;. is specified for each jet group. If the sizing task
determines the jet thrust for a jet group, the thrust T} is scaled by the factor » = max(Treqic/Tavic)-

The charger size is described by the power P, which is the sea-level static power available. The
number of systems N, is specified for each charge group. If the sizing task determines the charger
power for a charge group, the power P, is scaled by the factor r = max(P,cqcc/Pavca)-

3-1.2.2 Main Rotor

The main-rotor size is defined by the radius R or disk loading W/A, thrust-weighted solidity o,
hover tip speed Vi, and blade loading Cy /o = W/pAV;3,
loading and blade loading are obtained from an input fraction of design gross weight, W = fyWp. The

air density p for Cyy /o is obtained from a specified takeoff condition.

o. With more than one main-rotor, the disk

If the rotor radius is fixed for the sizing task, three of (R or W/A), Cw /o, Viip, and o are input, and
the other parameters are derived. Optionally the radius can be calculated from a specified ratio to the
radius of another rotor.

If the sizing task determines the rotor radius (R and W/A), then two of Cyw /o, Viip, and o are input,
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and the other parameter is derived. The radius can be sized for just a subset of the rotors, with fixed
radius for the others. The radii of all sized rotors are changed by the same factor.

3-1.2.3 Antitorque or Auxiliary Thrust Rotor

For antitorque and auxiliary thrust rotors, three of (R or W/A), Cw /o, Viip, and o are input, and the
other parameters are derived. Optionally the radius can be calculated from a specified ratio to the radius
of another rotor. Optionally the radius can be scaled with the main-rotor radius. The disk loading and
blade loading are based on f1Tyesign, Where fr is an input factor and Tiyegign 1 the maximum thrust from
designated design conditions and missions.

3-1.24 Wing

The wing size is defined by the wing area .S or wing loading W/S, span (perhaps calculated from
other geometry), chord, and aspect ratio. With more than one wing, the wing loading is obtained from
an input fraction of design gross weight, W = fy Wp.

Two of the following parameters are input: area (or wing loading), span, chord, and aspect ratio;
the other parameters are derived. Optionally the span can be calculated from the rotor radius, fuselage
width, and clearance (typically used for tiltrotors). Optionally the span can be calculated from a specified
ratio to the span of another wing.

3-1.2.5 Fuel Tank

The fuel tank capacity Wiyei—cap (maximum usable fuel weight) or Efyei—cap (maximum usable fuel
energy) is determined from designated sizing missions. The maximum mission fuel required, Weyel—miss
or Erye1—miss (€xcluding reserves and any fuel in auxiliary tanks, and ignoring any refueling), gives

quelfcap = max(ffuelfcapwfuelfmissa quelfmiss + Wreserve)

Efuel—cap = maX(ffuel—capEfuel—mi557 Efuel—miss + Ereserve)

or from mission fuel plus reserves

quelfcap = dfuelfcap + ffuelfcap(quelfmiss + Wreserve)

Efuel—cap = dfuel—cap + ffuel—cap(Efuel—miss + Ereserve)
or from maximum fuel quantity in the tank during the mission
quelfcap = dfuelfcap + ffuelfcapruelfmax
Efuel—cap = dfuel—cap + ffuel—capEfuel—max

where fruel—cap > 0 1s an input factor and dgye1—cap > 0 1S an input increment. Optionally the maximum
mission battery discharge power gives Pe,,, from which Efyel—cap = max(Efuel—cap; (€tank/Trank ) Peap)
(MJ from kW). Alternatively, the fuel tank capacity Weyel—cap OF Efuel—cap €an be input.

3-1.2.6 Weights

The weight empty Wy can be calculated, or input, or scaled with design gross weight: Wy =
dwg + fweWp. Fixed or scaled weight empty is implemented by adjusting the contingency weight.
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The structural design gross weight Wsp and maximum takeoff weight Wjy,ro can be input, or
specified as an increment d plus a fraction f of a weight W:

dspew + fspawWp
Wsp = dspaw + fspawW = { dspew + fspaw (WD — Wiuel + fruet Wiuel—cap)
dspaw + fspewWwarro

dwyrro + fwmroWp
Wyro = dwyro + fwmroW = S dwarro + fwmro(Wp — Wiiel + Winel—cap)
dwyro + fwmroWsp

This convention allows the weights to be input directly (f = 0), or scaled with a design weight. For
Wsp, W is the design gross weight Wy, or Wp, adjusted for a specified fuel state (input fraction of fuel
capacity), or the maximum takeoff weight Wy,;ro. Alternatively, Wsp can be calculated as the gross
weight at a designated sizing flight condition. For W10, W is the design gross weight Wp, or Wp
adjusted for maximum fuel capacity, or the structural design gross weight Wgp. Alternatively, Wyro
can be calculated as the maximum gross weight possible at a designated sizing flight condition.

3-1.2.7 Drive System Limit

The drive system limit is defined as a power limit, Ppgsiimi- The limit is properly a torque limit,
Qpstimit = Ppsiimit/ref, DUt is expressed as a power limit for clarity. The drive system limit can be
specified as follows (with fj;;,;¢ an input factor):

a) Input Ppsiimit -

b) From the engine takeoff power limit, Pp giimit = fiimit Y Neng Peng (Summed over
all engine groups).

¢) From the power available at the transmission sizing conditions and missions,
Ppsiimit = fiimit (Qret/Qprim) D Neng Pav (largest of all conditions and segments).
d) From the power required at the transmission sizing conditions and missions,
Ppsiimit = fiimit (Qret/Qprim) Y Neng Preq (largest of all conditions and segments).

The drive system limit is a limit on the entire propulsion system. To account for differences in the
distribution of power through the drive system, limits are also used for the torque of each rotor shaft
(Prsimit) and of each engine group (Pgsimit). The engine shaft limit is calculated as for the drive system
limit, without the sum over engine groups. The rotor shaft limit is either input or calculated from the
rotor power required at the transmission sizing flight conditions. The power limit is associated with a
reference rotational speed, and when applied the limit is scaled with the rotational speed of the flight
state. The rotation speed for the drive system limit Ppgyimis 1S the hover speed of the primary rotor of
the propulsion group (for the first drive state). The rotation speed for the engine shaft limit Pggiimit
is the corresponding engine turbine speed. The rotation speed for the rotor shaft limit Prgjimit iS the
corresponding speed of that rotor.

The drive system limits can be specified for several levels, analogous to engine ratings. The limit
Ppsiimit 18 associated with the maximum continuous rating (MCQ or MCP). An alternate rating changes
the torque limit by the factor x. Typically « > 1 for ratings associated with short duration operation.
The torque limit is calculated from Qimit = @/ for the flight condition or mission segment. The torque
limit is applied as Q = zQ1imit-
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3-2 Mission Analysis

For the mission analysis, the fuel weight or payload weight is calculated. Power required, torque
(drive system, engine shaft, and rotor shaft), and fuel weight are then verified to be within limits.
Missions can be fixed or adjustable.

3-3 Flight Performance Analysis

For each performance flight condition, the power required is calculated or maximum gross weight
is calculated. Power required, torque (drive system, engine shaft, and rotor shaft), and fuel weight are
then verified to be within limits.

34 Maps

3-4.1 Engine Performance

The engine performance can be calculated for a specified range of power, altitude, and speed.

3-4.2 Airframe Aerodynamics

The airframe aerodynamic loads can be calculated for a specified range of angle of attack, sideslip
angle, and control angles. The aerodynamic analysis evaluates the component lift, drag, and moments
given the velocity. The aircraft velocity is v = CT4(v00)T; interference velocity from the rotors is
not considered. From the angle of attack « and sideslip angle (3, the transformation from wind axes to
airframe axes is CF'4 =Y, Z_; (optionally C*4 = Z_4Y,, can be used, for better behavior in sideward
flight). The loads are summed in the airframe axes (with and without tail loads), and then the wind axis

loads are:
-D M,
FAi=| Y | =C*FF MA=| M, | =C*M"

—L M,

The center of action for the total loads is the fuselage location zs,s. The ratio of the loads to dynamic
pressure is required, so a nominal velocity v = 100 (ft/sec or m/sec) and sea level standard density are
used.
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Operation

4-1 Flight Condition

Flight conditions are specified for the sizing task and for the flight performance analysis. For each
condition, a flight state is also defined. For the sizing task, certain flight conditions are designated for
engine sizing, design gross weight calculations, transmission sizing, maximum takeoff weight calcula-
tions, or rotor thrust sizing. The flight condition parameters include gross weight and useful load. The
gross weight can be specified as follows, consistent with the sizing method:

a) Design gross weight, Wp, (calculated or input).

b) Structural design gross weight, Wsp, or maximum takeoff weight, Wy,ro (which
may depend on Wp).

¢) Function of Wp: W = d + fWp (with d an input weight and f an input factor).
d) Function of Wsp (W = d + fWgp); or function of Wy;ro (W =d + fWyro).
e) Input W.

f) Gross weight from specified mission segment or flight condition; or function of
source (W = d + fWyource)-

g) Gross weight maximized, such that power required equals specified power:
Pregpc = [Pawpc + d, with d an input power and f an input factor; in general,
min((fPavpe + d) — Pregpe) = 0, minimum over all propulsion groups; default
d=0and f =1 gives zero power margin, min(P,,pg — Pregra) = 0.

h) Gross weight maximized, such that thrust required equals specified thrust:
Treqic = fTavse + d, with d an input thrust and f an input factor; in general,
min((fTawsc + d) — Treqse) = 0, minimum over all jet groups; default d = 0 and
f =1 gives zero thrust margin, min(Ty, 56 — Trequa) = 0.

i) Gross weight maximized, such that transmission torque equals limit: zero torque
margin, min(Plimit — Preq) = 0 (mininum over all propulsion groups, engine groups,
and rotors).

J) Gross weight maximized, such that power required equals specified power, or
thrust required equals specified thrust, or transmission torque equals limit (most
restrictive).

k) Gross weight fallout from input payload and fuel weights: Wg = Wo + Wpay +
Whyel-

Only the last five options are available for W design conditions in the sizing task. Optionally the
maximized gross weight can be limited. The gross weight can be obtained from a mission segment only
for the sizing task. Optionally the altitude can be obtained from the specified mission segment or flight
condition. The secant method or the method of false position is used to solve for the maximum gross
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weight. A tolerance e and a perturbation A are specified.

The useful load can be specified as follows, consistent with the sizing method and the gross weight
specification.

a) Input payload weight W, , fuel weight fallout: Wee1 = Wg — Wo — Whay.

b) Input fuel weight Wi, payload weight fallout: W, = Wg — Wo — Wiyer.

c¢) Input payload and fuel weights, gross weight fallout (must match gross weight
option): Wg = Wo + Whay + Whel -

The input fuel weight is Wiyel = min(duel + fuet Wiuel—caps Wiuel—cap) + 2 Nauxtank Waux—cap- FOr fallout
fuel weight, N,uxtank 1S changed (optionally only increased). If the auxiliary tank weight is greater than
the increment in fuel weight needed, then the fallout fuel weight W1 = W — Wo — Whay can not be
achieved; in such a case, the fuel weight is capped at the maximum fuel capacity and the payload weight
changed instead. The fixed useful load can have increments, including crew weight increment; equipment
weight increment; and installed folding, wing, wing extension, and other kits. These increments are
reflected in the fallout weight. If the motive device burns energy not weight, then the fuel weight is zero
and the input fuel energy is Euel = min(diuel + fruel Etuel—caps Fruel—cap) + 2 Nauxtank Faux—cap-

4-2 Mission

Missions are defined for the sizing task and for the mission performance analysis. A mission
consists of a specified number of mission segments. A flight state is defined for each mission segment.
For the sizing task, certain missions are designated for engine sizing, design gross weight calculations,
transmission sizing, or fuel tank sizing. The mission parameters include mission takeoff gross weight
and useful load. The gross weight can be specified as follows, consistent with the sizing method:

a) Design gross weight, Wp (calculated or input).

b) Structural design gross weight, Ws p, or maximum takeoff weight, Wy, o (which
may depend on Wp).

c¢) Function of Wp: W = d + fWp (with d an input weight and f an input factor).
d) Function of Wsp, W = d + fWgp; or function of Wy;r0, W =d + fWyro.

e) Input W.

f) Gross weight maximized at specified mission segments, such that power required
equals specified power: P..qpc = fPavpc +d, with d an input power and f an input
factor; in general, min((fPaypc + d) — Pregpe) = 0, minimum over all propulsion
groups; default d = 0 and f = 1 gives zero power margin, min(Py,pg — Pregpra) = 0.
g) Gross weight maximized at specified mission segments, such that thrust required
equals specified thrust: T,.cq5¢ = fTawsc + d, with d an input power and f an input
factor; in general, min((fT,vs¢ + d) — Treqsc) = 0, minimum over all jet groups;
default d = 0 and f = 1 gives zero thrust margin, min(7,, 6 — Treqic) = 0.

h) Gross weight maximized at specified mission segments, such that transmission
torque equals limit: zero torque margin, min(Pimi, — Preq) = 0 (mininum over all
propulsion groups, engine groups, and rotors).

1) Gross weight maximized at specified mission segments, such that power required
equals specified power, or thrust required equals specified thrust, or transmission
torque equals limit (most restrictive).
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j) Gross weight fallout from input initial payload and fuel weights: W = Wo +
Wpay + quel .

k) Gross weight fallout from input initial payload weight and calculated mission
fuel weight: W = Wo + Wpay + Wigel.

If maximum gross weight is specified for more than one mission segment, then the minimum takeoff
gross weight increment is used; so the power or torque margin is zero for the critical segment and positive
for other designated segments. Only the last six options are available for W, design conditions in the
sizing task. Optionally the maximized gross weight can be limited. The secant method or the method
of false position is used to solve for the maximum gross weight. A tolerance e and a perturbation A are
specified.

The useful load can be specified as follows, consistent with the sizing method and the gross weight
specification:

a) Input initial payload weight W, , fuel weight fallout: Wiyl = W — Wo — Way .
b) Input fuel weight Wy, initial payload weight fallout: W, = Wg —Wo — Wiyel.
c¢) Calculated mission fuel weight, initial payload weight fallout: Wy, = W —
Wo — Whuel.

d) Input payload and fuel weights, takeoff gross weight fallout (must match gross
weight option): Wa = Wo + Woay + Whyer.

e) Input payload weight and calculated mission fuel weight, takeoff gross weight
fallout (must match gross weight option): Wg = Wo + Woay + Whel

The input fuel weight is Wiy = min(dsuel + fruet Wruel—cap, Wruel—cap) + 2 Nauxtank Waux—cap; if the
fuel weight is fallout, then this is the initial value for the mission iteration. If the fuel weight is not
calculated from the mission, then the mission is changed. The fixed useful load can have increments,
including installed folding kits; other increments are specified for individual mission segments. If
the motive device burns energy not weight, then the fuel weight is zero and the input fuel energy is

Efucl = Inin(dfuol + ffuclEfucl—capa Efucl—cap) + Z NauxtankEaux—cap-

The takeoff gross weight is evaluated at the start of the mission, perhaps maximized for zero power
margin at a specified mission segment (either takeoff conditions or midpoint). Then the aircraft is flown
for all segments. For calculated mission fuel weight, the fuel weight at takeoff is set equal to the fuel
required for the mission (burned plus reserve; less added by refuel). For specified takeoff fuel weight
with adjustable segments, the mission time or distance is adjusted so the fuel required for the mission
(burned plus reserve) equals the takeoff fuel weight. The mission iteration is thus on mission fuel weight
or energy. Range credit segments (defined below) can also require an iteration. A successive substitution
method is used if an iteration is required, with a tolerance e specified. The iteration to maximize takeoff
gross weight could be an outer loop around the mission iteration, but instead it is executed as part of
the mission iteration. At the specified mission segment, the gross weight is maximized for zero power
margin, and the resulting gross weight increment added to the takeoff gross weight for the next mission
iteration. Thus takeoff gross weight is also a variable of the mission iteration.

Each mission consists of a specified number of mission segments. The following segment types
can be specified:

a) Taxi or warm-up (fuel burned but no distance added to range).
b) Distance: fly segment for specified distance (calculate time).
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c¢) Time: fly segment for specified time (calculate distance).

d) Hold: fly segment for specified time (loiter, so fuel burned but no distance added
to range).

e) Climb: climb or descend from present altitude to next segment altitude (calculate
time and distance).

f) Spiral: climb or descend from present altitude to next segment altitude (fuel
burned but no distance added to range).

g) Fuel: use or replace specified fuel amount (calculate time and distance).

h) Burn: use or replace specified fuel amount (calculate time but no distance added
to range).

For each mission segment a payload weight can be specified; or a payload weight change can be specified,
as an increment from the initial payload or as a fraction of the initial payload. If the payload is calculated
from the number of passengers, then for each mission segment a change in the number of passengers
can be specified.

The number of auxiliary fuel tanks can change with each mission segment: Nguxtank 1S changed
based on the fuel weight (optionally only increased relative to the input number at takeoff, optionally fixed
during mission). For input fuel weight, N,uxsank 1S specified at takeoff. For fallout fuel weight, the takeoff
fuel weight is changed for the auxiliary fuel tank weight given Nauxtank (fixed W —Wiay = Wo 4+ Wyel).
If the auxiliary tank weight is greater than the increment in fuel weight needed, then the fallout fuel
weight Wi = We — Wo — Wy can not be achieved; in such a case, the fuel weight is capped at the
maximum fuel capacity and the takeoff payload weight changed instead. For fuel tank design missions,
Nauxtank and fuel tank capacity is determined from Wy, . Optionally the aircraft can refuel (either on
the ground or in the air) at the start of a mission segment, by either filling all tanks to capacity or adding
a specified fuel weight. Optionally fuel can be dropped at the start of a mission segment. The fuel
weight or energy should be constrained to be non-negative for all mission segments. The fixed useful
load can have changes, including crew weight increment, equipment weight increment, and installed
wing extension and other kits.

For calculation of the time or distance in a mission segment, a headwind or tailwind can be specified.
The wind velocity is a linear function of altitude h: V,, = +(max(0, dwina + fwinah)), With the plus sign
for a headwind and the minus sign for a tailwind. The wind speed is V,,, and the ground speed is
Vy = Vi — V.

Mission fuel reserves can be specified in several ways for each mission. Fuel reserves can be
defined in terms of specific mission segments, for example 200 miles plus 20 minutes at speed for best
endurance. Fuel reserves can be an input fraction of the fuel burned by all (except reserve) mission
segments, SO Wiyel = (1 + fres) Wourn OF Fruel = (1 + fres)Fourn. Fuel reserves can be an input fraction
of the fuel capacity, SO Wiuel = Whurn + fresWeuel—cap OF Efuel = Eburn + fresEruel—cap. 1f more than
one criterion for reserve fuel is specified, the maximum reserve is used. Time and distance in reserve
segments are not included in endurance and range.

To facilitate specification of range, range calculated for a group of segments (typically climb and
descent segments) can be credited to a designated distance segment. For mission analysis, missions can
be fixed or adjustable. In an adjustable mission, the fuel is input, so the time or distance in specified
segments is adjusted based on the calculated fuel burned. If more than one segment is adjusted, all must
be distance or all must be time or hold. Each segment can have only one special designation: reserve,
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adjustable, or range credit.

A segment with a large distance, time, or altitude change can be split into several segments, for
more accurate calculation of the performance and fuel burned. The number of segments n can be input,
or calculated from an input increment A: n = [¢#/A] 4 1, where the brackets indicate integer truncation,
and z is the total distance, time, or altitude change. Then the change for each split segment is A = x/n.

Table 4-1 summarizes the time 7', distance D, and range dR calculations for each segment. The
segment fuel burned is dWh,,,, = Tw, where w is the fuel flow; and dEy . = TE, where F is the energy
flow. The horizontal velocity is V},, and the vertical velocity (climb or descent) is V.. The altitude at the
start of the segment is 4, and at the end of the segment (start of next segment) h.,q. The air distance is
calculated from the time and speed (D/V},), without the wind speed.

To use or replace fuel (weight or energy), the increment is specified in terms of the capacity
(dWhum = diank + frank Wruel—cap) OF the current fuel (dWhum = diank + frank Wruel). Alternatively, a
target fuel is specified and the increment calculated from the current fuel. The tank is charged if the
energy rate is negative. The segment time 7T is the minimum of dWh,, /1 OF dFbyrm/ FE for all fuel tank
systems.

In an adjusted mission, the distances or times are changed at the end of the mission such that
the sum of the fuel burned increments will equal the difference between takeoff fuel weight (plus any
added fuel) and the calculated mission fuel: > dWyyn = > wdT = > wdD/(V}, — Vi) = AWiyer. The
increments are apportioned among the adjusted segments by the factor f, determined from the ratio of
the input distances or times: dD = fAD or dT = fAT. Hence AD = AWy /(Y fuir/(Vi — Vi) or
AT = AW/ (Y fu). The approach is similar if fuel energy is used, not weight. For a segment that
is a source of range credit, the range increment is set to zero and the distance D is added to Dother Of
the destination segment. For the destination segment, the range contribution remains fixed at the input
value, but the time and hence fuel burned are calculated from (dist — Dotner)- It is necessary to separately
accumulate Do, from earlier segments and Dy, from later segments; Dotner from later segments
are estimated initially from the last iteration. At the end of the mission, the times and fuel burned are
recalculated for all range credit destination segments.

The segment time, distance, and fuel burned are evaluated by integrating over the segment duration.
This integration can be performed by using the horizontal velocity, climb velocity, and fuel flow obtained
for the flight state with the gross weight and altitude at the start of the segment; or at the middle of the
segment; or the average of the segment start and segment end values (trapezoidal integration). The gross
weight at the segment middle equals the gross weight at the segment start, less half the segment fuel
burned (obtained from the previous mission iteration). The gross weight at the segment end equals the
gross weight at the segment start, less the segment fuel burned. With trapezoidal integration, for the
output the flight state is finally evaluated at the segment middle.

The mission endurance (block time), range, and fuel burned are £ = > T, R = }_ dR, Whum =
> dWhum (sum over all non-reserve segments). The reserve fuel from mission segments is Wyes =
> dWhum (sum over all reserve segments). Optionally the reserve fuel is the maximum of that from
mission segments and the fraction fresWhum, or the fraction fiesWiyel—cap. The calculated mission fuel
is then Wewel = Whurn + Whes-
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Table 4-1. Mission segment calculations.

segment kind time T distance D range dR

taxi time 0 D

distance D/(Vi, — V) dist D

time time TV — Vi) D

hold time 0 D

climb (h — hena)/ Ve T(Vi, — Vi) D

spiral (h— hena)/ Ve . 0 D

fuel AWpnen /10 OF dBpuen /B T(Viy = V) D

burn AWhurn /W OF dEyyrn /E 0 D

range credit
source T D 0
destination D/(Vi, — V) dist — Dother dist

adjusted
distance T+dD/(Vi, — Vi) D+dD =D+ fAD Dyew
time T +dl =T + fAT D +dT(Vy, — Vi) Dhew
hold T+dl'=T+ fAT 0 Diyew

The average fuel flow is Wy, /E (Ib/hr) and the average energy flow is Epym/E (MJ/hr or kW),
where F is the block time. The average specific range is R/ Wi, (nm/Ib or nm/kg) and R/ Epypn (nm/MJ
or nm/kWh), where R is the range. A fuel efficiency measure for the mission is the product of the payload
and range, divided by the fuel weight: e = W,y R/ Wy (ton-nm/1b or ton-nm/kg) or e = Wyay R/ Evurn
(ton-nm/MJ or ton-nm/kWh). A productivity measure for the missionis p = W, V/Wo (ton-kt/lb or ton-
kt/kg), where Wy, is the operating weight and V' the block speed; or p = Wy V/Whyen (ton-kt/1b or ton-
kt/kg),or p = Wpay V/ Epur (ton-kt/MJ or ton-kt/kWh). The Bréguet range equation R = RF In(W,/W1)
is obtained by integrating dR = —RF(dW/W) for constant range factor

_L/D. WV/P

RF
sfc sfc

Constant RF implies operation at constant L/D, = WV/P. The endurance £ = EF In(W,/W;) is
obtained by integrating dE = —EF(dW /W) for constant endurance factor EF = (W/P)/(sfc). Constant
EF implies operation at constant W/ P (not constant 02/ % /Cp as for an airplane). It follows that overall
range and endurance factors can be calculated from the mission performance:

R
RF=——"
1I1W0/W1

E
EF = ——
th()/Wl

where W, = W, is the takeoff weight, and W, = W, — Wy If energy is burned, not weight, dR =
(V/E)dE = RF dE and dE = (1/E)dE = EF dE integrate to R = RF Eyyy and E = EF Ejyy; and the
overall range and endurance factors can be calculated from the mission performance: RF = R/FEyum
and EF = E/FEy.. In addition, the efficiency metrics can be based on the equivalent fuel burned

Eburn/eref .
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Figure 4-1. Takeoff distance and accelerate-stop distance elements.

4-3 Takeoff Distance

The takeoff distance can be calculated, either as ground run plus climb to clear an obstacle or
accelerate-stop distance in case of engine failure. The obstacle height 4, is typically 35 ft for commercial
transport aircraft, or 50 ft for military aircraft and general aviation. This calculation allows determination
of the balanced field length: engine failure at critical speed, such that the distance to clear the obstacle
equals the distance to stop. Landing and VTOL takeoff calculations are not implemented, as these are
best solved as an optimal control problem.

The takeoff distance consists of a ground run, from zero ground speed to liftoff speed VLo, perhaps
including engine failure at speed Vg ; then rotation, transition, and climb; or decelerate to stop. Figure
4-1 describes the elements of the takeoff distance and the accelerate-stop distance, with the associated
speeds. The ground is at angle ¢ relative to the horizontal (inertial axes), with ¢ positive for takeoff up
hill. The takeoff profile is defined in terms of ground speed or climb speed, input as calibrated airspeed
(CAS). The aircraft speed relative to the air is obtained from the ground speed, wind, and ground slope.
The aircraft acceleration as a function of ground speed is integrated to obtain the ground distance, as
well as the time, height, and fuel burned. Usually the speed increases from the start to liftoff (or engine
failure), but the calculated acceleration depends on the flight state specification. The analysis checks for
consistency of the input velocity and the calculated acceleration (on the ground), and for consistency of
the input height and input or calculated climb angle (during climb).

The takeoff profile consists of a set of mission segments. The first segment is at the start of the
takeoff, V' = 0. Subsequent segments correspond to the ends of the integration intervals. The last
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segment has the aircraft at the required obstacle height, or stopped on the ground. The mission can
consist of just one takeoff, more than one takeoff, or both takeoff and non-takeoff segments. Takeoff
segments contribute to the mission fuel burned, but do not contribute to the mission time, distance, or
range. The takeoff distance calculation is performed for a set of adjacent segments, the first segment
specified as the takeoff start, and the last segment identified as before a non-takeoff segment or before
another takeoff start. The takeoff distance is calculated if a liftoff segment (with Vo) is specified;
otherwise the accelerate-stop distance is calculated. Table 4-2 summarizes the mission segments for
takeoff calculations. There can be only one liftoff, engine failure, rotation, and transition segment
(or none). The engine failure segment must occur before the liftoff segment. Rotation and transition
segments must occur after liftoff. All ground run segments must be before liftoff, and all climb segments
must be after liftoff. Takeoff segments (except start, rotation, and transition) can be split, in terms of
height for climb and in terms of velocity for other segments. Splitting the takeoff or engine failure
segment produces additional ground run segments. Separately defining multiple ground run, climb, or
brake segments allows configuration variation during the takeoff.

Each takeoff segment requires that the flight state specify the appropriate configuration, trim option,
and maximum effort. In particular, the number of inoperative engines for a segment is part of the flight
state specification, regardless of whether or not an engine failure segment is defined. The engine failure
segment (if present) serves to implement a delay in decision after failure: for a time ¢; after engine
failure, the engine rating, power fraction, and friction of the engine failure segment are used (so the
engine failure segment corresponds to conditions before failure). The number of inoperative engines
specified must be consistent with the presence of the engine failure segment. The takeoff is assumed
to occur at fixed altitude (so the maximum-effort variable can not be altitude). The flight state velocity
specification is superseded by the ground or climb speed input for the takeoff segment. The flight state
specification of height above ground level is superseded by the height input for the takeoff segment.

The ground distance, time, height, and fuel burned are calculated for each takeoff segment. The
takeoff distance or accelerate-stop distance is the sum of the ground distance of all segments. Takeoff
segments do not contribute to mission time, distance, or range.

Table 4-2. Mission segments for takeoff calculation.

takeoff distance accelerate-stop distance
start V=0 start V=0
ground run 14 ground run 14
engine failure Ver engine failure Ver
ground run Vv brake Vv
liftoff V5o brake V=0
rotation Vr

transition Vrr

climb, to h Ver

climb, to A, Ver

4-3.1 Ground Run

The takeoff starts at zero ground speed and accelerates to liftoff ground speed Vo (input as CAS).
Possibly an engine failure speed Vyr < V5o is specified. Start, liftoff, and engine failure segments
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designate events, but otherwise are analyzed as ground run segments. The decision speed V; is t;
seconds after engine failure (typically ¢; = 1 to 2 sec). Up to t; after engine failure, conditions of the
engine failure segment are used (so the engine failure segment corresponds to conditions before failure).
The aircraft acceleration is obtained from the thrust minus drag (T" — D in airplane notation), plus a
friction force proportional to the weight on wheels (W — L in airplane notation):

Ma=T-D-pW—-L)=> F,—py F.

from the force components in ground axes (rotated by the ground slope angle v« from inertial axes).
Table 4-3 gives typical values of the friction coefficient . The velocity of the aircraft relative to the
air is obtained from the ground velocity V, wind velocity V,, (assumed parallel to the ground here),
and the ground slope: Vj, = (V 4+ V,,)cosvg and V., = (V + V,,)sinvg. The takeoff configuration is
specified, including atmosphere, in ground effect, gear down, power rating, nacelle tilt, flap setting,
and number of inoperative engines. An appropriate trim option is specified, typically fixed attitude
with longitudinal force trimmed using collective, for a given longitudinal acceleration. Perhaps the net
aircraft yaw moment is trimmed with pedal. The maximum-effort condition is specified: maximum
longitudinal acceleration (ground axes) for zero power margin. The aircraft acceleration as a function
of ground speed is integrated to obtain the segment time, ground distance, height, and fuel burned:

tg—/dt /—du—/dv Z . a1) vy — v1) ZAt

seg

vdv  [d(v?) 171 1 B vy + v
SG*/Udt /v_d B T*/ 2a %5(@*%)(”505)2(—22 LA

seg

hag=0

we = /wfdt = (M)At

seg

Trapezoidal integration is used; each segment corresponds to the end of an integration integral.

Table 4-3. Typical friction coefficient .

surface rolling braking

dry and hard 0.03-0.05 0.30-0.50

grass 0.08 0.20

ice 0.02 0.06-0.10
4-3.2 Brake

After engine failure, the aircraft can decelerate to a stop. The operating engines are at idle. Reverse
thrust is not permitted for the accelerate-stop distance calculation. The braking configuration is specified.
Typically no trim option is executed; rather the aircraft has fixed attitude with controls for zero rotor
thrust (such as zero collective and pedal). The aircraft acceleration as a function of ground speed is
integrated, as for ground run.
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4-3.3 Rotation

Rotation occurs at speed Vg; usually Vg = Vo isused. The duration ¢ is specified, then sg = Vytg,
hr =0, and wr = wytr are the ground distance, height, and fuel burned. Typically ¢tz =1 to 3 sec.

4-3.4 Transition

Transition from liftoff to climb is modeled as a constant load factor pull-up to the specified climb
angle ~, at speed Vrg. Usually Vpr = Vi is used, and typically npp = 1.2. From the load factor
nrr = 1+V2/gRrr,the flight path radius is Rz = V2,/(g(nrr—1)) and the pitchrate is § = Vrr/Rrr.
Then R v

] TR TR
trr =7/0 =7~ [ e —
sTr = Rrpsiny

hrr = Rra(l — cos?)

wWrR = WrlTR

are the time, ground distance, height, and fuel burned.

4-3.5 Climb

Climb occurs at an angle ~ relative to the ground and air speed V¢, from the transition height
hrr to the obstacle height b, (perhaps in several climb segments). The climb configuration is specified,
including atmosphere, in ground effect, gear down or retracted, power rating, nacelle tilt, flap setting,
and number of inoperative engines. An appropriate trim option is specified, typically aircraft force and
moment trimmed with attitude and controls. The climb angle and air speed can be fixed or a maximum-
effort condition can be specified. The maximum-effort options are fixed air speed and maximum rate of
climb for zero power margin; or airspeed for best climb rate or best climb angle with maximum rate of
climb for zero power margin. Not implemented is a maximum-effort calculation of maximum flight path
acceleration for zero power margin, for specified climb angle; this calculation would require integration
of the acceleration as a function of flight speed. For the climb segment, the input V. is the magnitude
of the aircraft velocity relative to the air, and the climb angle relative to the horizon is 6y = v + v¢.
Hence from the maximum-effort calculation, the climb angle relative to the ground is v = 6y — 75 and
the ground speed is Vgrouna = Vor, cosy — V,, (from the wind speed V,,). Then

ter, = scr/Veround

scr = (h — hiast)/ tany
hen = h

wer = Wrtor

are the time, ground distance, height, and fuel burned.

4-4 Flight State

A flight state is defined for each flight condition (sizing task design conditions and flight performance
analysis), and for each mission segment. The following parameters are required:

a) Speed: flight speed and vertical rate of climb, with the following options:

1) Specify horizontal speed (or forward speed or velocity magnitude), rate
of climb (or climb angle), and sideslip angle.
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2) Hover or vertical flight (input vertical rate of climb; climb angle 0 or
+90 deg).

3) Left or right sideward flight (input velocity and rate of climb; sideslip
angle +90 deg).

4) Rearward flight (input velocity and rate of climb; sideslip angle 180
deg).

b) Aircraft motion:

1) Pitch and roll angles (Aircraft values or flight state input; initial values
for trim variables, fixed otherwise).
2) Turn, pull-up, or linear acceleration.

c¢) Altitude: For mission segment, optionally input, or from last mission segment;
climb segment end altitude from next segment.

d) Atmosphere:

1) Standard day, polar day, tropical day, or hot day at specified altitude.
2) Standard day, polar day, or tropical day plus temperature increment.
3) Standard day, polar day, or tropical day and specified temperature.
4) Input density and temperature.

5) Input density, speed of sound, and viscosity.

e) Headwind or tailwind, with the wind velocity a linear function of altitude.

f) Height of landing gear above ground level. Landing gear state (extended or
retracted).

g) Aircraft control state: input, or conversion schedule.

h) Aircraft control values (Aircraft values or flight state input; initial values for trim
variables, fixed otherwise).

i) Aircraft center-of-gravity position (increment or input value).

For each propulsion group, the following parameters are required:

i) Drive system state.
J) Rotor tip speed for primary rotor:

1) Input.

2) Reference.

3) Conversion schedule or function speed.

4) Default for hover, cruise, maneuver, one engine inoperative (OEI), or
transmission sizing condition.

5) From input rotor advance ratio y, or rotor advancing tip Mach number
M.

For each engine group (which is associated with a propulsion group):

k) Number of inoperative engines.
1) Infrared suppressor state: off (hot exhaust) or on (suppressed exhaust).

m) Engine rating, fraction of rated engine power available, and drive system rating.

33
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For each jet group:

n) Number of inoperative jets.
0) Jet rating, fraction of rated thrust available.

For each charge group:

p) Number of inoperative chargers.
q) Charger rating, fraction of rated power available.

Aircraft and rotor performance parameters for each flight state:

r) Aircraft drag: forward flight drag increment, accounting for payload aerodynam-
ics.
s) Rotor performance: induced power factor « and profile power mean c¢;.

The aircraft trim state and trim targets are also specified.

The aircraft performance can be analyzed for the specified state, or a maximum-effort performance
can be identified. For the maximum effort, a quantity and variable are specified. The available maximum-
effort quantities include:

a) Best endurance: maximum 1/w.

b) Best range: 99% maximum V/w (high side), or low side, or 100%; flight speed
or ground speed.

¢) Best climb or descent rate: maximum V,, or 1/P.

d) Best climb or descent angle: maximum V,/V}, or V/P.

e) Ceiling: maximum altitude.

f) Power limit: zero power margin, min(P,,pg — Preqpe) = 0 (minimum over all
propulsion groups).

g) Torque limit: zero torque margin, min(Quimis — Qreq) = 0 (Minimum over all
propulsion groups, engine groups, and rotors; Quimit expressed as power at reference
rotation speed).

j) Jet thrust limit: zero thrust margin, min(7,, ¢ — Treque) = 0 (minimum over all
jet groups).

i) Power limit or torque limit or thrust limit: most restrictive.

j) Battery limit: zero power margin, min(Pyax — \Ebatt |) = 0 (minimum over all fuel
tanks).

k) Rotor stall: zero rotor thrust margin, (C7/0)max — |Cr/co| = 0 (for designated
rotor, steady or transient or equation limit).

1) Wing stall: zero wing lift margin, Cr,.x — Cr = 0 (for designated wing).

Here  is the aircraft fuel flow (or equivalent fuel flow E /eret), and P is the aircraft power. The available
maximum-effort variables include:

a) Horizontal velocity V}, or vertical rate of climb V, (times an input factor).
b) Aircraft sideslip angle.

c) Altitude.

d) Aircraft angular rate, 6 (pull-up) or 4 (turn).

e) Aircraft linear acceleration (airframe, inertial, or ground axes).



Operation 35

f) Aircraft controls.
g) Aircraft orientation, 6 (pitch) or ¢ (roll).
h) Propulsion group tip speed or engine speed.

If the variable is velocity, first the velocity is found for the specified maximum effort; then the performance
is evaluated at that velocity times an input factor. For endurance, range, or climb, the slope of the quantity
to be maximized must be zero; hence in all cases the target is zero. The slope of the quantity is evaluated
by first-order backward difference. For the range, first the variable is found such that V/« is maximized
(slope zero), then the variable is found such that V/w equals 99% of that maximum. Two maximum-
effort quantity/variable pairs can be specified, and solved in nested iterations. The secant method or
the method of false position is used to solve for the maximum effort. The task of finding maximum
endurance, range, or climb is usually solved using the golden-section or curve-fit method. A tolerance
e and a perturbation A are specified.

A headwind or tailwind can be specified. The wind velocity is a linear function of altitude h:
Vi = £(max(0, dwind + fwinah)), with the plus sign for a headwind and the minus sign for a tailwind.
The wind speed is V,,,, and the ground speed is V;, =V}, — V,,.

Given the gross weight and useful load (from the flight condition or mission specification), the
performance is calculated for this flight state. The calculated state information includes weight, speed
and velocity orientation (climb and sideslip), aircraft Euler angles, rotor tip speeds, and aircraft controls.

A number of performance metrics are calculated for each flight state. The aircraft effective drag is
D. = P/V ,hence the effective lift-to-drag ratio is L/ D. = WV/P. For these metrics, the aircraft power
is the sum of the engine group power and jet group propulsive power: P = P,., + VTj.. The specific
fuel consumption is sfc = w/P, and the energy efficiency is » = P/E. The specific range is the ratio of
the speed to the fuel flow: V/u (nm/lb or nm/kg) or V/E (nm/MJ or nm/kWh). The specific endurance
is 1/4 (sec/Ib or sec/kg) or 1/E (sec/MJ or sec/kWh). From the Bréguet range equation, it follows that
the range for which the fuel equals 1% of the gross weight is

L/D, 1
Rigaw = /T In (@)

(not used for energy). A fuel efficiency measure is the product of the payload and specific range:
e = Wpay(V/w) (ton-nm/Ib or ton-nm/kg). A productivity measure is p = Wy, V/Wo (ton-kt/lb or
ton-kt/kg), where Wy is the operating weight. If fuel energy is used, not weight, these performance
metrics are based on the equivalent 1w = E/e,;.

The aircraft weight statement defines the fixed useful load and operating weight for the design
configuration. For each flight state, the fixed useful load may be different from the design configuration,
because of changes in auxiliary fuel tank weight or kit weights or increments in crew or equipment
weights. Thus the fixed useful load weight is calculated for the flight state; and from it the useful load
weight and operating weight. The gross weight, payload weight, and usable fuel weight (in standard
and auxiliary tanks) completes the weight information for the flight state.

4-5 Environment and Atmosphere

The aerodynamic environment is defined by the speed of sound c,, density p, and kinematic viscosity
v = pu/p of the air (or other fluid). These quantities can be obtained from the standard day (International
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Standard Atmosphere), or input directly. Polar day, tropical day, and hot day atmospheres can also be
used. The following options are implemented:

a) Input the altitude hgeom and a temperature increment AT'. Calculate the temper-
ature from altitude and pressure from temperature for the standard day (or polar
day, tropical day, hot day), add AT, and then calculate the density from the equa-
tion of state for a perfect gas. Calculate the speed of sound and viscosity from the
temperature.

b) Input the pressure altitude hgeom and the temperature 7 (°F or °C). Calculate the
pressure (from temperature vs. altitude) for the standard day (or polar day, tropical
day, hot day), and then calculate the density from the equation of state for a perfect
gas. Calculate the speed of sound and viscosity from the temperature.

¢) Input the density p and the temperature 7 (°F or °C). Calculate the speed of sound
and viscosity from the temperature.

d) Input the density p, sound speed ¢, and viscosity p. Calculate the temperature
from the sound speed.

e) For a fluid that is not air on earth, input the density p, sound speed c;, and viscosity
L.

Here hgeom is the geometric altitude above mean sea level. The sources of the atmosphere descriptions
are references 1-6.

The gravitational acceleration g can have the standard value or an input value.

The International Standard Atmosphere (ISA) is a model for the variation with altitude of pressure,
temperature, density, and viscosity, published as International Standard ISO 2533 by the International
Organization for Standardization (ISO) (ref. 1). The ISA is intended for use in calculations and design
of flying vehicles, to present the test results of flying vehicles and their components under identical
conditions, and to allow unification in the field of development and calibration of instruments. The ISA
is defined up to 80 km geopotential altitude and is identical to the ICAO Standard Atmosphere up to 32
km.

Dry air is modeled in the ISA as a perfect gas with a mean molecular weight, and hence a gas
constant R, defined by adopted values for sea level pressure, temperature, and density (py, Ty, po). The
speed of sound at sea level ¢ is defined by an adopted value for the ratio of specific heats . The variation
of temperature with geopotential altitude is defined by adopted values for vertical temperature gradients
(lapse rates, L) and altitudes (h;). The variation of pressure with geopotential altitude is further defined
by an adopted value for the standard acceleration of free fall (¢). The variation of dynamic viscosity
with temperature is defined by adopted values for Sutherland’s empirical coefficients 5 and S.

The required parameters are given in table 4-4, including the acceleration produced by gravity, g.
The temperature T is in °K, while 7 is °C (perhaps input as °F); T' = T,.,, + 7. The gas constant is
R = po/poTy,and pyg is actually obtained from S and 3. The standard atmosphere is defined in SI units.
Although table 4-4 gives values in both SI and English units, all the calculations for the aerodynamic
environment are performed in SI units. As required, the results are converted to English units using the
exact conversion factors for length and force.
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The ISA consists of a series of altitude ranges with constant lapse rate L; (linear temperature change
with altitude). Thus at altitude A, the standard day temperature is

Tsta = Ty + Ly(hg — hs)

for hgy > hy. The altitude ranges and lapse rates are given in table 4-5. Note that h is sea level, and h, is
the boundary between the troposphere and the stratosphere. This altitude A, is the geopotential height,
calculated assuming constant acceleration due to gravity. The geometric height A is calculated using an
inverse square law for gravity. Hence h, = rh/(r + h), where r is the nominal radius of the Earth. The
standard day pressure is obtained from hydrostatic equilibrium (dp = —pg dh,) and the equation of state
for a perfect gas (p = pRT, so dp/p = —(g/RT')dhg). In isothermal regions (L; = 0) the standard day

pressure is
Pstd _ —(g/RT)(hg—hy)
by

Dstd T —9/RLy
Do B <Tb)

where py is the pressure at h;,, obtained from these equations by working up from sea level. Let Ty, po, po,

and in gradient regions (L; # 0)

¢s05 [to be the temperature, pressure, density, sound speed, and viscosity at sea level standard conditions.
Then the density, sound speed, and viscosity are obtained from

o (2) (5)

T\ 12
Cs = Cs0 ?0

_ (T/Tp)*/?
H= ko (a(T/TO) +1- a)

where 1o = ﬁTg’ /2 /(To +S) and a = Ty /(Tp + S). For the cases using input temperature, T’ = T,er0 + 7.
The density altitude and pressure altitude are calculated for reference. From the density and the standard
day (troposphere only), the density altitude is:

o 5\ M0/ FILo =)
ho=—2(1- (L2
| Lol o

From the pressure p = pRT and the standard day,

\ :E - (£>1/(9/RIL0|) :E L (ﬁ Z>1/(g/R|LO|)
P Ly Do Zo] oo T

is the pressure altitude.

The polar and tropical days are atmospheric models that describe realistic profiles of extremes
of temperature and density, needed to calculate performance in near-worst-case conditions (ref. 6).
These atmospheres are hydrodynamically balanced and can be used in calculations involving engine
performance and aerodynamic characteristics, including calculations of true vertical velocity (ref. 4).
Tables of air properties for the polar and tropical days are given in MIL-STD-3013A, based on MIL-
STD-210A. The break points in the lapse rates are evident in MIL-STD-210A, in terms of degrees C
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as a function of altitude in ft (geopotential altitude in MIL-C-5011B). The pressure ratio at sea level is
§ = 30.268/29.92 = 1.0116 for the polar day, and 6 = 1 for the tropical day. The altitude ranges and lapse
rates are given in table 4-6 for the polar day and in table 4-7 for the tropical day. Figure 4-2 compares
the temperature profiles. The air properties for the polar and tropical days are calculated from h;, L,
and T, using the equations of hydrostatic equilibrium, as for the standard day. The primary data for the
polar and tropical days are the altitude in ft and temperature in °C; h;, in km and L, are derived using
the exact conversion factor for length.

The conditions of the standard day, polar day, and tropical day are applicable to free air conditions.
Temperatures close to the surface of the earth, even at high elevations, can be considerably higher
than those for free air. The hot day is a model of ground-level atmospheric conditions, to be used for
takeoff and other ground operations at elevations up to 15,000 ft (ref. 6). The hot day properties are
statistically sampled and are not hydrodynamically balanced, hence should be used for approximately
constant altitude conditions (ref. 4).

The origins of the hot day are in ref. 2, which has 103°F for sea level, and a lapse rate —3.7°F per
1000 ft (geometric) to 40,000 ft. The pressure in the table is from the equations for equilibrium, which
gives the pressure altitude; these data are not used further. According to MIL-STD-210A (paragraph
3.1.1), the pressure (hence pressure altitude) as a function of altitude was obtained from statistics. Up
to 15,000 ft, the ratio of geometric altitude to pressure altitude is 1.050. The —3.7 geometric lapse rate
plus the mapping of geometric to pressure altitude gave °F vs. pressure altitude, rounded to 1 decimal
place. Then °C was calculated from °F, rounded to 1 decimal place. The pressure ratio ¢ followed
from the pressure altitude. The geometric altitude (to 35,000 ft) in MIL-STD-210A was calculated from
the temperature and the —3.7 lapse rate, rounded to 100s. MIL-C-5011B has the same data as MIL-
STD-210A, but does not give geometric altitude, and truncates the table at 15,000 ft. MIL-STD-3013A
took °C (already rounded to 1 decimal place) vs. pressure altitude (ft) from MIL-STD-210A as the
temperature profile up to 15,000 ft, and calculated °F (2 decimal places, so no more loss of information)
from °C. The geopotential altitude was calculated from °C and —3.7°F lapse rate, rounded to 100s; but
this altitude information is not meaningful, since the atmosphere is not in equilibrium; only the pressure
altitude is used. Thus the hot day model has a sea level temperature of 39.4°C (102.92°F). Curve fitting
the data to 15,000 ft gives a lapse rate of —7.065°C per 1000 m = —2.1534°C per 1000 ft (table 4-8).

Given the pressure altitude h, the hot day temperature and pressure ratio are

Thot =T + Lo(h — hs)

—g/RLy

Phot LO g

—= =(14="h

Po ( To )
using the standard day L, = —6.5. A constant lapse rate fits the tabular data for the hot day atmosphere
to only about 0.1°C. Thus the tabular data can be used directly instead (table 4-9, from MIL-C-5011B),
with linear interpolation to the specified pressure altitude. MIL-STD-3013A has the same data, but only
for altitudes a multiple of 1000 ft.
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Table 4-4. Constants adopted for calculation of the ISA.

parameter SI units English units
units h m ft

units T °C °F

m per ft 0.3048

kg per Ibm 0.45359237

To 288.15 °K 518.67 °R

Trero 273.15°K 459.67 °R

Do 101325.0 N/m? 2116.22 1b/ft?

P0 1.225 kg/m? 0.002377 slug/ft3
Cs0 340.294 m/sec 1116.45 ft/sec

Lo 1.7894E-5 kg/m-sec 3.7372E-7 slug/ft-sec
S 1104 °K

g 1.458E-6

y 14

g 9.80665 m/sec? 32.17405 ft/sec?
r 6356766 m 20855531 ft




Operation

41

Table 4-5. Temperatures and vertical temperature gradients: standard day.

level base altitude h;, lapse rate L, temperature 7,
km °K/km °K °C °F
troposphere -2 -6.5 301.15 28 824

0 troposphere 0 -6.5 288.15 15 59
1 tropopause 11 0 216.65 -56.5 -69.7
2 stratosphere 20 +1.0 21665 -565 -69.7
3 stratosphere 32 +2.8 228.65 445 -48.1
4 stratopause 47 0 27065 -2.5 27.5
5 mesosphere 51 -2.8 270.65 -25 275
6 mesosphere 71 -2.0 21465 -585 733
7 mesopause 80 0 196.65 -76.5 -105.7

Table 4-6. Temperatures and vertical temperature gradients: polar day.

base altitude h;, lapse rate L, temperature 7, pressure ratio

ft km * °K/km * °K °C °F* d=p/po

0 0 6.326 246.15 -27 -16.6 30.268/29.92

3111.871  0.948 —-1.083 252.15 21 -58

9172.604  2.796 -5.511 250.15 -23 94

28224.543  8.603 —0.476 218.15 -55 -670

83363.393  25.409 0 210.15 -63 814

* derived

Table 4-7. Temperatures and vertical temperature gradients: tropical day.

base altitude h;,

lapse rate L,

temperature 75

pressure ratio

ft km * °K/km * °K °C °F * 5 =p/po
0 0 —6.687 30525 321 89.78 1

55000 16.764 4374 193.15 -80 -112.00

70000 21.336 2.401 213.15 -60 -76.00

100745  30.707 235.65 -37.5 -35.50

* derived

Table 4-8. Temperatures and vertical temperature gradients: hot day.

base altitude h;,

lapse rate L,

temperature 75

pressure ratio

fit km * °K/km °K °C oF * 8 =p/po
0 0 ~7.065 31255 394 10292 1
15000 4572 28025% 7.0% 44.78

* derived
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Table 4-9. Temperature table for hot day (from MIL-C-5011B).

pressure altitude temperature

ft km * °K °C °F *
0 0 312.55 394 102.92
500 0.152 311.55 384 101.12
1000 0.305 310.45 373 99.14
1500 0.457 309.45 36.3 97.34
2000 0.610 308.35 352 95.36
2500 0.762 307.25 341 93.38
3000 0914 306.25 33.1 91.58
3500 1.067 305.15 320 89.60
4000 1.219 304.05 309 87.62
4500 1.372 302.95 29.8 85.64
5000 1.524 301.85 28.7 83.66
5500 1.676 300.75 27.6 81.68
6000 1.829 299.65 26.5 79.70
6500 1.981 298.55 254 77.72
7000 2.134 29745 243 75.74
7500 2.286 296.35 232 73.76
8000 2438 295.25 22.1 71.78
8500 2.591 294.15 210 69.80
9000 2.743 293.05 19.9 67.82
9500 2.896 291.95 18.8 65.84
10000 3.048 290.85 17.7 63.86
10500 3.200 289.85 16.7 62.06
11000 3.353 288.85 15.7 60.26
11500 3.505 287.75 14.6 58.28
12000 3.658 286.75 13.6 56.48
12500 3.810 285.65 12.5 54.50
13000 3.962 284.55 114 52.52
13500 4115 283.55 104 50.72
14000 4267 28245 93 48.74
14500 4.420 281.35 82 46.76
15000 4572 280.35 72 44 .96

* derived



Chapter 5

Solution Procedures

The NDARC code performs design and analysis tasks. The design task involves sizing the rotorcraft
to satisfy specified design conditions and missions. The analysis tasks can include off-design mission
performance analysis, flight performance calculation for point operating conditions, and generation of
subsystem or component performance maps. Figure 5-1 illustrates the tasks. The principal tasks (sizing,
mission analysis, and flight performance analysis) are shown in the figure as boxes with dark borders.
Dark black arrows show control of subordinate tasks.

The aircraft description (fig. 5-1) consists of all the information, input and derived, that defines
the aircraft. The aircraft consists of a set of components, including fuselage, rotors, wings, tails, and
propulsion. This information can be the result of the sizing task; can come entirely from input, for a
fixed model; or can come from the sizing task in a previous case or previous job. The aircraft description
information is available to all tasks and all solutions (indicated by light green arrows).

Missions are defined for the sizing task and for the mission performance analysis. A mission consists
of a specified number of mission segments, for which time, distance, and fuel burn are evaluated. For
specified takeoff fuel weight with adjustable segments, the mission time or distance is adjusted so the
fuel required for the mission (burned plus reserve) equals the takeoff fuel weight. The mission iteration
is on fuel weight or energy.

Flight conditions are specified for the sizing task and for the flight performance analysis.

For flight conditions and mission takeoff, the gross weight can be maximized such that the power
required equals the power available.

A flight state is defined for each mission segment and each flight condition. The aircraft performance
can be analyzed for the specified state, or a maximum-effort performance can be identified. The
maximum effort is specified in terms of a quantity such as best endurance or best range, and a variable
such as speed, rate of climb, or altitude. The aircraft must be trimmed, by solving for the controls
and motion that produce equilibrium in the specified flight state. Different trim solution definitions are
required for various flight states. Evaluating the rotor hub forces may require solution of the blade flap
equations of motion.

The sizing task is described in more detail in chapter 3. The flight condition, mission, and flight
state calculations are described in chapter 4. The solution of the blade flap equations of motion is
described in chapter 11. The present chapter provides details of the solution procedures implemented
for each iteration of the analysis.

The nested iteration loops involved in the solution process are indicated by the subtitles in the
boxes of figure 5-1, and illustrated in more detail in figure 5-2. The flight state solution involves up
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Figure 5-1. Outline of NDARC tasks.

to three loops. The innermost loop is the solution of the blade flap equations of motion, needed for an
accurate evaluation of the rotor hub forces. The next loop is the trim solution, which is required for
most flight states. The flight state optionally has one or two maximum-effort iterations. The flight state
solution is executed for each flight condition and for each mission segment. A flight condition solution
or any mission segment solution can optionally maximize the aircraft gross weight. The mission usually
requires an iterative solution, for fuel weight or for adjustable segment time or distance. Thus each flight
condition solution involves up to four nested iterations: maximum gross weight (outer), maximum effort,
trim, and blade motion (inner). Each mission solution involves up to five nested iterations: mission
(outer), and then for each segment maximum gross weight, maximum effort, trim, and blade motion
(inner). Finally, the design task introduces a sizing iteration, which is the outermost loop of the process.

Optionally the size, mission, trim, and/or rotor iterations can be implemented in external solution
procedures. Then the internal iterations are suppressed, and the analysis calculates residuals for use
by the external methods. The maximum gross weight and maximum effort iterations do not involve
residuals, so for an external solution the internal calculations are not defined, and the internal iterations
do not exist.
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method: successive method: secant or false position
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Figure 5-2. Design and analysis tasks, with nested loops and solution methods.
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5-1 Iterative Solution Tasks

5-1.1 Tolerance and Perturbation

For each solution procedure, a tolerance e and a perturbation A may be required. Single values are
specified for the task and then scaled for each element tested or perturbed.

The scaling is based on a reference weight W (design gross weight, or derived from aircraft
Cr/o = 0.07), a reference length L (fuselage length, rotor radius, or wing span), and a reference power
P (aircraft installed power, or derived from P = W,/W/2pA). Then the force reference is F' = W,
the moment reference is M = W L/10, and the angle reference is A = 1 deg. The velocity reference is
V' = 400 knots. The angular velocity reference is 2 = V/L (in deg/sec). The coefficient reference is
C = 0.6 for wings and C' = 0.1 for rotors. Altitude scale is H = 10000 ft. Acceleration scale is G = g
(acceleration due to gravity). The range scale is X = 100 nm. These scaling variables are referred to in
the subsections that follow, and in tables 5-1 to 5-4.

5-1.2 Size Aircraft

The sizing task determines the dimensions, power, and weight of a rotorcraft that can perform a
specified set of design conditions and missions. The aircraft size is characterized by parameters such as
design gross weight, weight empty, rotor radius, and engine power available. The relationships between
dimensions, power, and weight generally require an iterative solution. From the design flight conditions
and missions, the task can determine the total engine power or the rotor radius (or both power and radius
can be fixed), as well as the design gross weight, maximum takeoff weight, drive system torque limit,
and fuel tank capacity. For each propulsion group, the engine power or the rotor radius can be sized.

A successive substitution method is used for the sizing iteration, with an input tolerance e. Relax-
ation is apphed to Peng or R, Tjeh Pchrg’ Wpo, Warro s Ppstimit » quel—cap or Efuel_cap, and Tdesign- Two
successive substitution loops are used. The outer loop is an iteration on performance: engine power
or rotor radius, jet thrust, charger power. The inner loop is an iteration on parameters: Wp, Waro,
Ppstimit s Wruel—cap OF Efuel—cap» aNd Tyesign . Either loop can be absent, depending on the definition of the
size task. Convergence is tested in terms of these parameters, and the aircraft weight empty Wg. The
tolerance is 0.1 Pe for engine power and drive system limit; 0.01We for gross weight, maximum takeoff
weight, fuel weight, jet thrust, and design rotor thrust; and 0.1Le for rotor radius.

5-1.3 Mission

Missions consist of a specified number of segments, for which time, distance, and fuel burn are
evaluated. For calculated mission fuel weight, the fuel weight at takeoff is adjusted to equal the fuel
required for the mission (burned plus reserve). For specified takeoff fuel weight with adjustable segments,
the mission time or distance is adjusted so the fuel required for the mission (burned plus reserve) equals
the takeoff fuel weight. The mission iteration is thus on fuel weight or energy. Range credit segments
can also require an iteration.

A successive substitution method is used if an iteration is required, with a tolerance ¢ specified.
The principal iteration variable is takeoff fuel weight, for which the tolerance is 0.01We. For calculated
mission fuel weight, the relaxation is applied to the mission fuel value used to update the takeoff fuel
weight. For specified takeoff fuel weight, the relationship is applied to the fuel weight increment used
to adjust the mission segments. The tolerance for the distance flown in range credit segments is Xe. The
relaxation is applied to the distance flown in the destination segments for range credit.
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5-14 Maximum Gross Weight

Flight conditions are specified for the sizing task and for the flight performance analysis. Mission
takeoff conditions are specified for the sizing task and for the mission analysis. Optionally for flight
conditions and mission takeoff, the gross weight can be maximized, such that the power required equals
the power available, min(P,, pg — Preqgpc) = 0 (zero power margin, minimum over all propulsion groups);
or such that the power required equals an input power, min((d + f Paypa) — Pregpa) = 0 (minimum over
all propulsion groups, with d an input power and f an input factor; this convention allows the power to
be input directly, f = 0, or scaled with power available). Similarly, the gross weight can be maximized
for zero jet thrust margin, or zero torque margin.

The secant method or the method of false position is used to solve for the maximum gross weight.
A tolerance e and a perturbation A are specified. The variable is gross weight, with initial increment of
WA, and tolerance of 0.01We. Note that the convergence test is applied to the magnitude of the gross
weight increment.

5-1.5 Maximum Effort

The aircraft performance can be analyzed for the specified state or a maximum-effort performance
can be identified. The secant method or the method of false position is used to solve for the maximum
effort. The task of finding maximum endurance, range, or climb is usually solved using the golden-
section or curve-fit method. A tolerance e and a perturbation A are specified.

A quantity and variable are specified for the maximum-effort calculation. Tables 5-1 and 5-2
summarize the available choices, with the tolerance and initial increment used for the variables. Note
that the convergence test is applied to the magnitude of the variable increment. Optionally two quantity/
variable pairs can be specified, solved in nested iterations. The two variables must be unique. The two
variables can maximize the same quantity (endurance, range, or climb). If the variable is velocity, first
the velocity is found for the specified maximum effort; the performance is then evaluated at that velocity
times an input factor. For endurance, range, or climb, the slope of the quantity to be maximized must be
zero; hence in all cases the target is zero. The slope of the quantity is evaluated by first-order backward
difference. For the range, first the variable is found such that V/w is maximized (slope zero), and then
the variable is found such that V/«@w equals 99% of that maximum; for the latter the variable perturbation
is increased by a factor of 4 to ensure that the solution is found on the correct side of the maximum.

Table 5-1. Maximum-effort solution.

maximum-effort variable initial increment tolerance
horizontal velocity Vi, 0.1VA 0.1Ve
vertical rate of climb V., 0.1VA 0.1Ve
aircraft velocity G (sideslip) 100AA 100Ae
altitude HA He
aircraft angular rate 6 (pullup), ¢ (turn) QA Qe
aircraft linear acceleration Ay s Qyy Ay GA Ge
aircraft control angle 100AA 100Ae
aircraft orientation 0 (pitch), ¢ (roll) 100AA 100Ae
propulsion group tip speed Viip VA Ve

propulsion group engine speed Nepec 10QA 10Qe
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Table 5-2. Maximum-effort solution.

maximum-effort quantity

best endurance

best range

best climb or descent rate
best climb or descent angle
ceiling

power limit

torque limit

thrust limit

power, torque, thrust limit

maximum 1/w

99% maximum V/w

maximum V, or 1/P

maximum V,/V or V/P

maximum altitude

power margin, min(Py, pg — Pregpa) =0
torque margin, min(Qiimis — Qreq) = 0
thrust margin, min(Top 76 — Treqic) =0
power, torque, thrust margin

high or low side, or 100%

over all propulsion groups
over all limits

over all jet groups

most restrictive

battery limit power margin, min(Ppax — |Ebatt|) =0 over all fuel tanks
rotor stall thrust margin, (C7/0)max — |Cr/0| =0 for designated rotor
wing stall lift margin, Crimax — Cr, =0 for designated wing

Table 5-3. Trim solution.

trim quantity target tolerance
aircraft total force x,y, z components 0 Fe
aircraft total moment  z, y, z components 0 Me
aircraft load factor x, 1y, z components Flight State €
propulsion group power Flight State Pe
power margin Puyype — Pregpa Flight State Pe
torque margin Ppsiimit — Pregra Flight State Pe
engine group power Flight State Pe
power margin Pugc — Pregea Flight State Pe
jet group thrust Flight State Fe
thrust margin Tovic — Treqic Flight State Fe
charge group power Flight State Pe
charge power margin ~ P,y,cc — Pregca Flight State Pe
fuel tank energy flow  Ep Flight State Pe
battery power margin = P.x — |Ebatt| Flight State Pe
rotor force lift, vertical, propulsive  Flight State, component schedule  Fe
rotor thrust Cr/o Flight State, component schedule Ce
rotor thrust margin (C7/0)max — |Cr /0| Flight State Ce
rotor flapping Bes Bs Flight State Ae
rotor hub moment x (roll), y (pitch) Flight State Me
rotor torque Flight State Me

wing force lift Flight State, component schedule  Fe
wing lift coefficient Cr Flight State, component schedule Ce
wing lift margin Crmax — Cr, Flight State Ce
tail force lift Flight State Fe




Solution Procedures 49

Table 5-4. Trim solution.

trim variable perturbation
aircraft control angle 100AA
aircraft orientation 0 (pitch), ¢ (roll) 100AA
aircraft velocity V3, (horizontal velocity) VA
aircraft velocity V. (vertical velocity) VA
aircraft velocity f3 (sideslip) 100AA
aircraft angular rate 6 (pullup), ¢ (turn) QA
propulsion group tip speed Viip 20VA
propulsion group engine speed Nepec 10QA

5-1.6 Trim

The aircraft trim operation solves for the controls and motion that produce equilibrium in the
specified flight state. A Newton—Raphson method is used for trim. The derivative matrix is obtained by
numerical perturbation. A tolerance ¢ and a perturbation A are specified.

Different trim solution definitions are required for various flight states. Therefore one or more
trim states are defined for the analysis, and the appropriate trim state selected for each flight state of
a performance condition or mission segment. For each trim state, the trim quantities, trim variables,
and targets are specified. Tables 5-3 and 5-4 summarize the available choices, with the tolerances and
perturbations used.

5-1.7 Rotor Flap Equations

Evaluating the rotor hub forces may require solution of the flap equations E(v) = 0. For tip-
path plane command, the thrust and flapping are known, so v = (6y.75 6. 05)T . For no-feathering plane
command, the thrust and cyclic pitch are known, so v = (0o.75 3. 8s)*. A Newton—-Raphson solution
method is used: from E(v,41) & E(v,) + (dE/dv)(vp4+1 — vs) = 0, the iterative solution is

Upt1 = vy, — C E(vy,)

where C = f(dE/dv)~!, including the relaxation factor f. The derivative matrix for axial flow can be
used. Alternatively, the derivative matrix dE'/dv can be obtained by numerical perturbation. Convergence
of the Newton—Raphson iteration is tested in terms of |E| < e for each equation, where ¢ is an input
tolerance.

5-2 Theory

The analysis uses several methods to solve nonlinear algebraic equations. Such equations may be
written in two forms: (a) fixed point z = G(x), and (b) zero point f(z) = 0; where =, G, and f are vectors.
The analysis provides operations that implement the function G or f. Solution procedures appropriate
for the zero point form can be applied to equations in fixed point form, by defining f(z) = z — G(z). In
this context, f can be considered the iteration error.

Efficient and convergent methods are required to find the solution = = « of these equations. Note
that f'(«) = 0 or G’(«) = 1 means that « is a higher-order root. For nonlinear problems, the method will
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successive substitution iteration
save: Tog =<
evaluate =z
relax: z=XAx+ (1 - Nzoq
test convergence: error = ||z — Z4|| < Atolerance x weight

Figure 5-3. Outline of successive substitution method.

be iterative: z,+1 = F(z,). The operation F' depends on the solution method. The solution error is:
€nt1 = @ —api1 = F(a) = F(zn) = (@ — 2,)F'(6) = e, ()

Thus the iteration will converge if F' is not too sensitive to errors in x: |F'(«)| < 1 for scalar z. For
x a vector, the criterion is that all the eigenvalues of the derivative matrix 0F/0x have magnitude less
than one. The equations in this section are generally written for scalar x; the extension to vector z
is straightforward. Convergence is linear for I’ nonzero, quadratic for F’ = 0. Iterative methods
have a relaxation factor (and other parameters) to improve convergence, and a tolerance to measure
convergence.

The following subsections describe the solution methods used for the various iterations, as shown
in figure 5-2.

5-2.1 Successive Substitution Method

The successive substitution method (with relaxation) is an example of a fixed point solution. A
direct iteration is simply z,,11 = G(z,), but |G’| > 1 for many practical problems. A relaxed iteration
uses F'= (1 — Nz + A\G:

Tnt1 = (L= N)xpn + AG(xn) =z — Af(2n)

with relaxation factor A. The convergence criterion is then
|[F'(a)| =11 =X+ AG'| <1

so a value of A can be found to ensure convergence for any finite G’. Specifically, the iteration converges
if the magnitude of A is less than the magnitude of 2/(1 — G’) = 2/f’ (and X has the same sign as
1 — G’ = f'). Quadratic convergence (F’ = 0) is obtained with A = 1/(1 — G’) = 1/f’. Over-relaxation
(A > 1) can be used if |G’| < 1. Since the correct solution 2 = « is not known, convergence must be
tested by comparing the values of two successive iterations:

error = ||Zp4+1 — @p| < tolerance

where the error is some norm of the difference between iterations (typically absolute value for scalar ).
Note that the effect of the relaxation factor is to reduce the difference between iterations:

Tn+1 — Tn = A(G(I’ﬂ) - xn)

Hence the convergence test is applied to (z,+1 — z,)/A, in order to maintain the definition of tolerance
independent of relaxation. The corresponding residual is (z,+1 — z,). The process for the successive
substitution method is shown in figure 5-3.
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initialize
evaluate h
test convergence: error = |h; — hiarget;| < tolerance x weight ;
initialize derivative matrix D to input matrix
calculate gain matrix: C =AD"!
iteration
identify derivative matrix
optional perturbation identification
perturb each element of z: dx; = A X weight;
evaluate h
calculate D
calculate gain matrix: C=\D"!
increment solution: dz = —C(h— hiarget)
evaluate h
test convergence: error = |h; — hiarget;| < tolerance x weight ;

Figure 5-4. Outline of Newton—Raphson method.

5-2.2 Newton—Raphson Method

The Newton—Raphson method (with relaxation and identification) is an example of a zero point
solution. The Taylor series expansion of f(x) = 0 leads to the iteration operator F' = = — f/f":

-1

Tntl = Tn — [f/(xn)]

which gives quadratic convergence. The behavior of this iteration depends on the accuracy of the
derivative f’. Here it is assumed that the analysis can evaluate directly f, but not f’. It is necessary to
evaluate f’ by numerical perturbation of f, and for efficiency the derivatives may not be evaluated for
each z,,. These approximations compromise the convergence of the method, so a relaxation factor X is
introduced to compensate. Hence a modified Newton—Raphson iteration is used, F = x — C'f:

Tpy1 = p — Of(2n) = 2 — AD " f(2,)
where the derivative matrix D is an estimate of f’. The convergence criterion is then
[F'(a)|=[1-Cf|=[1-AD7"f'| <1

since f(«) = 0. The iteration converges if the magnitude of X is less than the magnitude of 2D/ f’ (and A
has the same sign as D/ f’). Quadratic convergence is obtained with A = D/’ (which would require A
to change during the iteration however). The Newton—Raphson method ideally uses the local derivative
in the gain factor, C' = 1/f’, so has quadratic convergence:

1
= J;{z =0
since f(a) = 0 (if ' # 0 and f” is finite; if f/ = 0, then there is a multiple root, F’ = 1/, and the
convergence is only linear). A relaxation factor is still useful, since the convergence is only quadratic

F'(a)

sufficiently close to the solution. A Newton—Raphson method has good convergence when z is suf-
ficiently close to the solution, but frequently has difficulty converging elsewhere. Hence the initial
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initialize
evaluate f() at zq, f1 at I1:.§C0+Al‘, f2 at xzo =1x1 +Ax
iteration
calculate derivative f’
secant: from f;, and f;
false position: from f;, and f; or f; (opposite sign from fy)
calculate gain: C=)\/f
increment solution: dz=-Cf

shift: fo=fi, fi= /o
evaluate f
test convergence

Figure 5-5. Outline of secant method or method of false position.

estimate x( that starts the iteration is an important parameter affecting convergence. Convergence of the
solution for 2 may be tested in terms of the required value (zero) for f:

error = || f|| < tolerance

where the error is some norm of f (typically absolute value for scalar f). The corresponding residual is
f.

The derivative matrix D is obtained by an identification process. The perturbation identification
can be performed at the beginning of the iteration, and optionally every Mpyp iterations thereafter. The
derivative matrix is calculated from a one-step finite-difference expression (first order). Each element
x; of the vector z is perturbed, one at a time, giving the i-th column of D:

D:{... gi_ ]:{ f(”fi”;;z—f(%) }

Alternatively, a two-step finite-difference expression (second order) can be used:

D:[... gi ]:[ f<”«“i+5$i>2(;£(%—5%> }

With this procedure, the accuracy of D (hence convergence) can be affected by both the magnitude and
sign of the perturbation (only the magnitude for a two-step difference).

The process for the Newton—Raphson method is shown in figure 5-4. A problem specified as
h(z) = hiarges becomes a zero point problem with f = h — Rgarges. A successive substitution problem,
x = G(z), becomes a zero point problem with f = z — G. At the beginning of the solution, = has an
initial value. The perturbation identification can optionally never be performed (so an input matrix is
required), be performed at the beginning of the iteration, or be performed at the beginning and every
Mp1p iterations thereafter.

5-2.3 Secant Method

The secant method (with relaxation) is developed from the Newton—Raphson method. The modified
Newton—Raphson iteration is:

Tn+1 = Tn — Cf(zn) =Tp — )‘Dilf(xn)
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initialize
evaluate fo at zq, f1 at I1:I0+AIE, f2 at x, =1 +Ax
bracket maximum: while not f; > fo, /o
if fo > fo, then z3=a29+ (22 —21); 1,
if f0>f2, then $3=(L‘0—(£B1—$0); 3,
iteration (search)
if Tog —T1 > T1— Toy then I3:I1+W(I2—I1)
if f3<f,, then 0,1,3 — 0,1,2
if f3>f,, then 1,3,2 — 0,1,2
if 21 —xp> a2 — 121, then z3=2x; — W(x; —x9)
if f3<f,, then 3,1,2 — 0,1,2
if f3>f,, then 0,3,1 — 0,1,2
test convergence

Figure 5-6. Outline of golden-section search.

where the derivative matrix D is an estimate of f’. In the secant method, the derivative of f is evaluated
numerically at each step:

f(xn) — f(xn—l)

Ty — Tp—1

f(an) =

It can be shown that then the error reduces during the iteration according to:

‘6n+1‘ = |f”/2f/| |6n| |€n71| = |f///2f/"62|6n|1'62

which is slower than the quadratic convergence of the Newton—Raphson method (¢2), but still better than
linear convergence. In practical problems, whether the iteration converges at all is often more important
than the rate of convergence. Limiting the maximum amplitude of the derivative estimate may also be
appropriate. Note that with f = x — G(x), the derivative f’ is dimensionless, so a universal limit (say
maximum |f’| = 0.3) can be specified. A limit on the maximum increment of x (as a fraction of the =
value) can also be imposed. The process for the secant method is shown in figure 5-5.

5-2.4 Method of False Position

The method of false position is a derivative of the secant method, based on calculating the derivative
with values that bracket the solution. The iteration starts with values of xy and z; such that f(z) and
f(x1) have opposite signs. Then the derivative f’ and new estimate x,,; are

L f(n) — fla)

!
f'(xn) €, — I
Tptl = Ty — /\Dflf(xn)

using k = n — 1 or k = n — 2 such that f(z,) and f(zx) have opposite signs. The convergence is
slower (roughly linear) than for the secant method, but by keeping the solution bracketed convergence
is guaranteed. The process for the method of false position is shown in figure 5-5.

5-2.5 Golden-Section Search

The golden-section search method can be used to find the solution x that maximizes f(z). The
problem of maximizing f(z) can be attacked by applying the secant method or method of false position to
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initialize
evaluate f() at zo, f1 at I1:I0+AI, fQ at $2:$1+AI
bracket maximum: while not f; > fo, /2
if fo> fo, then x3:$2+($2_$1); 1,2,
if f0>f2, then (L‘3:$0—($1—(I}0); 3,0,
fmax:fl
curve fit
fmax:fll Tmax = L1
evaluate f for z=2zn.+nAz and = = rpa.x — nAz
least-squared error solution for polynomial coefficients
solve polynomial for z at peak f

3 —-0,1,2
1 -0,1,2

Figure 5-7. Outline of curve-fit method.

the derivative f/(x) = 0, but that approach is often not satisfactory as it depends on numerical evaluation
of the second derivative. The golden-section search method begins with a set of three values zg < 21 < x2
and the corresponding functions fy, f1, fo. The x value is incremented until the maximum is bracketed,
f1 > fo, f2. Then a new value z3 is selected in the interval z( to x4; f3 evaluated; and the new set of
r9 < 11 < w9 determined such that the maximum is still bracketed. The new value z3 is a fraction
W = (3 —+/5)/2 = 0.38197 from =, into the largest segment. The process for the golden-section search

is shown in figure 5-6.
5-2.6 Curve-Fit Method

The curve-fit method can be used to find the solution = that maximizes f(z), by fitting the solution
to a polynomial. If the function f is flat around the maximum and the inner loop tolerances are not tight
enough, the golden-section search can become erratic, particularly for best range and best endurance
calculations. Curve fitting the evaluated points and then solving the curve for the maximum has the
potential to improve the behavior. The curve-fit method begins with a set of three values z¢ < 1 < x2
and the corresponding functions fy, f1, fo. The x value is incremented until the maximum is bracketed,
f1 > fo, f2, giving a course maximum ., at Tmax. Next a set of z and f values are generated by
incrementing x above and below ., until f < rg; fmax is found (typically 74, = 0.98 for best range).
This set of points is fit to the cubic polynomial f = c32% + c22? + c12 + g, 2 = T/Tmax — 1 (Or to @
quadradic polynomial). Let ¢” = (cg ¢1 ¢2 ¢3) and €7 = (1222 2%). Then the least-squared-error solution

for the coefficients is .
c= (21: fz‘&T) (Zl: fzfz‘)

where the sums are over the set of points to be fit. For a quadratic polynomial fit, the solution is then

T = Tmax <1 —c1/2c V1 -7 \/(01/202)2 - 00/02>
where r = 1 for the maximum, or = 0.99 for 99% best range. For a cubic polynomial fit, the maximum

is at
Co 3c3er c1 1 3c3cq
=——|1—4/1- ~_ 1 (142
i 3cs < 3 ) 2¢s ( + 4 c2 )

It is simplest to search the cubic for the peak (z where df /dz = 0), and then if necessary search for the
99% range point (f = 0.99 fpeax) The process for the golden-section search is shown in figure 5-7.




Chapter 6

Cost

Costs are estimated using statistical models based on historical aircraft price and maintenance
cost data, with appropriate factors to account for technology impact and inflation. The aircraft purchase
price (Cac, in dollars) covers airframe, mission equipment package (MEP), and flight control electronics
(FCE) costs. The direct operating cost (DOC, in cents per available seat mile (ASM)) is the sum of
maintenance cost (Chaint, in dollars per flight hour), flight crew salary and expenses, fuel and oil cost,
depreciation, insurance cost, and finance cost.

Two models are implemented: the Harris-Scully CTM cost model, which covers aircraft purchase
price, maintenance cost, and direct operating cost; and the Scott rotorcraft cost model, which gives the
aircraft unit flyaway cost in terms of component costs.

Inflation factors can be input, or internal factors used. Table 6-1 gives the internal inflation factors
for DoD (ref. 1) and CPI (ref. 2). For years beyond the data in the table, optionally the inflation factor
is extrapolated based on the last yearly increase.

6-1 Harris-Scully CTM Rotorcraft Cost Model

The Harris-Scully CTM rotorcraft cost model (refs. 3—6) gives an estimate of aircraft purchase price,
maintenance cost, and direct operating cost. The model was developed for shaft-driven helicopters and
turboprop aircraft.

6-1.1 Aircraft Purchase Price

Aircraft purchase price is estimated from the statistical relationship of Harris and Scully (ref. 3,
updated in 2001), based on a 1994 database of mostly civil aircraft (plus EH-101, UH-60L, CH-47D, CH-
53E, and MV-22). The model starts with a function of aircraft weight and power; has several complexity
factors; a factor for rotorcraft or turboprop aircraft; and a country or industry factor (specifically U.S.
military). The model includes (as $/Ib) separate calculations of a composite construction increment
(increase or decrease), mission equipment package cost, and flight control electronics cost. The model
accounts for inflation and includes an overall technology factor. With these equations, the purchase price
is predicted within 20% for 96% of 128 rotorcraft (figs. 6-1 and 6-2), implying a standard deviation of
10%. For the five military aircraft, price is predicted within +10% or less.

The basic statistical relationship for airframe purchase price is:
CAF = 739.91 KETKENKLgKR W}&'gﬁlg (P/WAF)O'5887N&'31§S5

with Wap = Wg + AWy — Wagep — Wrer — Whatt, including airframe kits AWy, (the wing and wing
extension kits, and optionally the folding kit); and P is the sum of the rated takeoff power of all engines.
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This relationship is based on aircraft with turboshaft engines, so a factor fy,otor is included in the sum
for electrical engines (motors and generators). If the aircraft shaft power is zero (as for jet aircraft),
P/Wap = 0.25 is used. The configuration factor Kcongs = KprKpnK g Kg has the factors:

Kgr = 1.0 for turbine aircraft 0.557 for piston aircraft

Kpn = 1.0 for multi-engine aircraft 0.736 for single-engine aircraft

Krg = 1.0 for retractable landing gear 0.884 for fixed landing gear

Kr= 1.0 for single main-rotor 1.057 for twin main-rotors, 1.117 for four main-rotors

The number of blades and the configuration factor are essentially measures of complexity. In particular,
retractable/fixed landing gear is a surrogate for general complexity.

The term Ceomp = comp Weomp accounts for additional costs for composite construction (negative for
cost savings); Weomp 1 the composite structure weight, obtained as an input fraction of the component
weight, with separate fractions for body, tail, pylon, and wing weight. The MEP, FCE, and battery
costs are obtained from input cost-per-weight factors: Cyigp = rvep WMeP, CrcE = TrogWreE, and

Cbatt = TbattEfuelfcap-
The statistical cost equation for c4r is based on 1994 dollars and current technology levels. In-
cluding an inflation factor F; and technology factor x 4 gives the purchase price Cyc:

Cac = xar(Ficar) + Coomp + Cumip + Crck + Chatt

In addition to technology, x accounts for calibration and industry factors; for example, x4ar = 0.87
for U.S. Military (ref. 3). This equation also estimates turboprop airliner purchase price by setting
Nrotor = Nblade = 1 and using the additional factor 0.8754 (pressurized) or 0.7646 (unpressurized). The
purchase price in $/Ib or $/kg is

rar = (xar(Ficar))/War

rac = Cac/(Wg + AWiit)
for the airframe and the aircraft. Parameters are defined in table 6-2, including units as used in these
equations.

6-1.2 Maintenance Cost

Total maintenance cost per hour (dollars per flight hour) is estimated from the statistical relationship
of Harris and Scully (ref. 3, updated in 2001). The maintenance cost per hour is:

Cmaint = 0.49885 Wg~3746P0.4635

This equation is based on 1994 dollars and current technology levels. Including an inflation factor F;
and technology factor x,.int gives the maintenance cost per flight hour Claint:

Cmaint = Xmaint (Ficmaint) + Cbattfmaint

Parameters are defined in table 6-2, including units as used in these equations.

Alternatively, the maintenance cost ciains can be calculated from separate estimates of labor, parts
(airframe, engine, and avionics), engine overhaul, and major periodic maintenance costs. The equations
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for these maintenance cost components are from Harris (ref. 6), based on a 2011 civil database. The
contributions to the dollars per flight hour are:

C’laubor = rlabor(MMH/FH)
Cparts = Mparts (CAC/106)0'68
Cengine = ]\4-engine-P0.67
Cmajor = Mmajor(CAC/loﬁ)
Chatt—maint — MbattEfucl—cap

where 7,10, 1S the maintenance labor rate (dollars per hour). The battery maintenance cost includes
replacement. The maintenance-man-hours per flight-hour is estimated from

MMH/FH = Mo We™®

or specified directly. These equations are based on 2011 dollars and current technology levels. For
current best practice (bottom of data), the constants are Miapor = 0.0017, Mparts = 34, Mengine = 1.45,
Mmajor = 18; while for current average practice Miahor = 0.0027, Mpares = 56, Mengine = 1.74, Mmajor =
28. Finally, the maintenance cost per flight hour is

Cmaint = XmaintFi(cparts + Cengine + Cmajor) + Clabor + Cbatt—maint
including an inflation factor F; and technology factor xmaint-

6-1.3 Direct Operating Cost

Given specifics of the operation (including available block hours, non-flight time, spares fraction,
and financial numbers), the direct operating cost is calculated for each mission. The direct operating
cost includes maintenance, fuel, crew, depreciation, insurance, finance, and emission trading scheme
(ETS) costs. The contributions to the yearly operating cost are:

Cfuel = (Gfuel(quel/pfuel) + GenergyEfuel)Ndep
Cerew = 2.84F; Ko Whiko B

1+ 5
Cdep:CAC (I—V)
Cins = Kins CAC

1+S2L+1 4
Ctin = Cac o) 1 100

Cers = KersWco, Ndep

There is a separate credit (Gcreait, perhaps zero) for mission energy generation (Eg,q < 0). The crew
factor K..eww = 1 corresponds to low-cost, domestic airlines (1994 dollars). The insurance factor K;,s =
0.0056 corresponds to 2005 airline operations (ref. 5). The fuel burn Wi, and FEfye, block time T}iss,
block range R, and CO, weight W, are obtained for a designated mission. The number of
departures per year is Ngep, = B/Thiss. The flight time per trip is Tivip = Twmiss — Inr. The flight hours
per year are Tp = TiyipNgep- Alternatively, the sum of the crew, insurance, and depreciation costs can
be estimated from the purchase price:

Cerew + Caep + Cins = Keai (175000 + 29.8(Cac/1000))
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where K.q4; is a calibration factor (ref. 6). The yearly operating cost Cop and DOC (cents per available
seat mile) are then:

COP = TFCmaint + C'fuel + Ccrew + Cdep + Cins + Cﬁn + C’ETS
DOC = 100 Cop/ASM

where the available seat miles per year are ASM = 1.1508 Npass Rmiss Naep (range in nm). The trip oper-
ating cost is Cyip = Cop/Naep. The passenger operating cost is Cpass = Clrip/(Npass LoadFactor/100).

6-2 Scott Rotorcraft Cost Model

The Scott rotorcraft cost model (refs. 7-8) gives an estimate of aircraft unit flyaway cost in terms
of component costs. The model was developed for shaft-driven helicopters and turboprop aircraft.

For the Scott high-fidelity prediction approach, fully-parametric equations were developed for the
components which represent the greatest joint interest among design and cost concerns. Components
such as the landing gear, fuel system, electrical group, and furnishings which typically do not contribute
major cost-driving effects to the overall cost of most aircraft received lower analytical priority. These
components were assessed using a combination of semi-parametric methods based on either the costs
of related components or analogies based on percentages or cost-per-weight trends.

The equations are for the N,-th unit production cost of a component in a delivery lot of N, units
(N, — 1 units already produced prior to the current lot). The unit production cost represents the recurring
price the customer pays for the materials and labor required by the component. The integration and
assembly of the components along with the systems engineering and the profit and fees charged by
the manufacturer on a recurring basis with each lot are applied to the entire set of components by
separate relations. The only exception to this rule in the high-fidelity model is the estimate of the
total procurement cost of engines. In keeping with the practice observed more frequently in aircraft
procurement, engines are modeled as items which are procured separately and integrated into the vehicle
as government-furnished equipment (GFE).

Both the high and low-fidelity methods predict the unit flyaway price cpa. The lower fidelity
Harris-Scully model predicts this quantity directly. The higher fidelity component-based model predicts
unit flyaway price by summing the costs of the prime equipment production, integration/assembly and
systems engineering, and profit:

CFA = Cpq T Cint+SE + Cprofit

The flyaway cost estimate cpa is based on 2018 dollars and current technology levels. Including an
inflation factor F; and technology factor xcomp gives the purchase price Cac:

CAC = Xcomp (FiCFA) + CVcomp + CMEP + CFCE + Cbatt

where MEP and FCE costs are here included in the component cost estimates, but increments for
composite construction cost and battery cost may still be required. For the component level model, the
predicted prime equipment cost is the sum of the parametric and semi-parametric analysis components:

Cpq = Cparam + Csemiparam
Cparam = Cwing + Crotor + Cuse + Ceng + Cprop ~+ Cxmsn + Cav

Csemiparam — Cemp+nac+LG + Celec + Cenv + CFC+Inst+Hyd + Caux+fuelsys+propsys + Carm+furn+LH
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The parametric cost elements are calculated first, since several of the semi-parametric equations depend
on the parametric estimates.

In terms of overall performance, the high-fidelity model predicts the unit flyaway price with average
error of 9.3% for military aircraft and 36.0% for civil helicopters. The Harris-Scully model’s average
accuracy was 39.8% for military aircraft and 21.1% for civil helicopters.

The component cost estimating relationships follow. Each equation estimates the unit price of the
component for the N,-th production aircraft in thousands of FY 18 US Dollars, where N, is the number
of units delivered in the production lot containing the N,-th unit (and N, — 1 is the number of units
previously produced). Thus N, = N, = 1 gives the component costs for the first aircraft produced.
Parameters are defined in table 6-3, including units as used in these equations.

Wing

FuingWro ) **%
Cuing = 1.4683 Wv%i})lgﬁ ( gSw > A%54780V;&§742(Y _ 1986)—0.3050Nq—0.os13Np—o.11za
where oying = Wiing/Sw 18 the wing weight per planform area; and fying is the design lift-share fraction
of the wing in cruise (fwing = 1.0 for fully wing-borne forward flight).

Rotor
where Wito, 1S the weight of all main and tail rotors; and fyrhub = Whab/ (Whab + Whiade) 18 the hub’s
fraction of the main rotor weight.

Fuselage

Cluse = 19.968 Wf(l)l.se232 71.23300_1;12;131];]}“56(}/ o 1986)0.2788N;0.0307N;;U.1004

sec

where oruse = Whuse/ (2 fuse Luse) 18 the fuselage weight per wetted area; fioe = Wioe/Wiuse 1S the
fraction of secondary fuselage weight, Wiyse = Wprim + Waee; and Hiyse = Kboom Kdev:

P { 0.6290 fuselage includes tailboom
1.0 no tailboom
_ J 1A early LRIP of clean sheet design
e { 1.0 otherwise

Turboshaft Engine
Full unit procurement cost of turboshaft engines for VTOL applications:

Ceng = 0.0056921 Pe()r.lzlfﬂSPO.8304P,r,g‘./7g557TBo()‘3657Heng(Y o 1955)70.2475]\[1;0.0759

eng

where Pray, = OPRYM:t is the stage-averaged engine compressor pressure ratio (OPR the compressor
overall pressure ratio, and N,; the number of compressor stages); and Heng = KmarKFADEC!

1.1644 marinized engine
Fmar = { 1.0 non-marinized engine
0.7298 FADEC equipped engine
FEADEC = { 1.0 non-FADEC equipped
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For non-rotorcraft/VTOL applications, the equations for turboprops and propellers are used.
Turboprop Engine
Unit cost of one turboprop engine or high performance aviation reciprocating engine:

Ceng = 1.1786 P9,2465

eng

Electrical Engine
Unit cost of one motor or generator:

X
Ceng = [(motorpengotor

Propeller
Unit cost of one propeller:

Cprop = 0.0209 P, 1032
Drive

_ 0.4309 772.2692,,0.2745 —0.1566 n7—0.0501 A7—0.0281
Cxmen = 1.2320 WOA309 N2,2692, 02045 (Y — 1968) N; N,

where remsn = Qeng /Qur 18 the overall reduction ratio of the transmission system; and Hymsn = KrgKmar

0.3241 engine group includes reduction gearbox
frg = { 1.0 transmission input direct from engine shaft
= { 2.0203 marinized transmission system
1.0 non-marinized transmission

Avionics

Unit cost of base avionics package, which includes an automatic flight control system (afcs), communi-
cation and navigation systems, vehicle management and HUMS systems (if installed), but not specialized
mission equipment such as survivability, imaging, or fire control:

Cav = 0.0269 Wal‘;6050 0.4948Hav (Y _ 1970)0.1141

afcs

where W, = Wages + Weomm + Whav + Woms + Waums 1 the weight of the base avionics package;
fafes = Wates/Way 1s the automatic flight control system’s fraction of the total base avionics package;
and H,, = KdevKUAV:

_ [5.1690 early LRIP of new avionics package
ey = { 1.0 otherwise
~[3.3230 unmanned medium to long endurance aircraft
oA { 1.0 otherwise

Empennage, Nacelle, and Landing Gear
The smaller components of airframe structure are estimated together. Adjustment would likely be
warranted for non-conventional tails, nacelle, or air induction configurations. The cost is: Fixed landing

gear:

0.6596
Cemp+nac+LG = 1.8870 VVemp-&—nac—i—LGHret
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where )
{ 2.6786 retractable landing gear
Rret =

1.0 fixed landing gear

Auxiliary Power System, Fuel, and Propulsion Systems
The cost of the auxiliary power group, fuel system, exhaust system, and propulsion controls and acces-
sories are considered together.

Caux+fuelsys+propsys 0.9630
= 0.0034379 W _-
propsys

Paux+fuelsys+propsys —

Waux+fuclsys+propsys

where Wp,opsys 18 the weight of the engine exhaust, engine starting and control systems, and the propulsion
accessories.

Flight Controls, Instruments, and Hydraulic Systems

The automatic flight control system is considered part of the avionics group, not the flight control group.
Flight controls weight in this group denotes the weight of the system controls and the cockpit controls,
Wre = Wre,sys + Wre,cc:

CFCInstihyd = 1.8557(Wrc,sys + Wre,cc + Winst + Wiya) " *7

Electrical
The cost of the electrical group is estimated from the cost of the avionics and environmental groups:

Pelec = VC;IGC = 0.01503 (Cav + Cenv)0.6353

elec

Environmental
The environmental group includes the anti-ice and air conditioning groups. The environmental group is
estimated as a fraction of the parametric prime equipment components:

Cenv = fenv (Cwing + Ctuse 1+ Crotor + Cdrive + Ceng + Cav)

where fo,y is 0.5% to 3.0% for transport aircraft.

Armament, Furnishings, Load and Handling
The armament provisions, furnishings, and load and handling groups are estimated as a fraction of the
fuselage cost:

Carm+furn+LH = farm+furn+LH Cfuse
where firm+fumara = 0.12 for conventional transport aircraft.

Integration and Assembly, Systems Engineering, and Profit
Based on the observed history of U.S. government aircraft procurement, the costs of integration and
assembly, systems engineering, and prime manufacturers’ profit are estimated as a function of the
production cost of the prime equipment c,. Note that the engine group cost is included as a component
of prime equipment, and already includes the cost of engine assembly and profit.

Cint+sE = 7.8271 087

Cprofit = 5.2003 (Cpq — Ceng )07
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For commercial and civil aircraft, integration and assembly, systems engineering, and profit are collec-
tively estimated as a percentage of prime equipment:

Cint+SE + Cprofit = fint+SE+proﬁt Cpq

where fint+sE+profit & 0.25.
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Table 6-1. DoD and CPI inflation factors.

inflation factors

inflation factors

inflation factors

year DoD CPI year DoD  CPI year DoD CPI
1911 1951 1702 17.54 1991 9399  91.90
1912 1952 1626 17.88 1992 96.21 94.67
1913 6.68 1953 1631 18.02 1993  98.16  97.50
1914 6.75 1954 1602 18.15 1994 100.00  100.00
1915 6.82 1955 1729 18.08 1995 101.70 102.83
1916 7.35 1956 17.58 1835 1996 103.18 105.87
1917 8.64 1957 18.17 18.96 1997 10432 108.30
1918 10.19 1958 18.02 19.50 1998 10540 109.99
1919 11.67 1959 18.11 19.64 1999 106.81 11242
1920 13.50 1960 1834 1997 2000 108.39 116.19
1921 12.08 1961 1831 20.18 2001 10992 119.50
1922 11.34 1962 18.84 20.38 2002 111.62 121.39
1923 11.54 1963 19.09 20.65 2003 11395 124.16
1924 11.54 1964 19.76 2092 2004 11692 127.46
1925 11.81 1965 2036 2126 2005 120.10 131.78
1926 11.94 1966 2197 21.86 2006 123.06 136.03
1927 11.74 1967 2277 2254 2007 12556 13991
1928 11.54 1968 2403 2348 2008 12743 145.28
1929 11.54 1969 25.10 24.76 2009 128.95 144.76
1930 11.27 1970 2576  26.18 2010 131.66 147.14
1931 10.26 1971 2724 2733 2011 133.84 151.78
1932 9.24 1972 2898 2821 2012 136.07 15492
1933 8.77 1973 3134 2996 2013 13834 157.19
1934 9.04 1974 3413 33.27 2014 139.54 159.74
1935 9.24 1975 38.10 36.30 2015 14140 159.93
1936 9.38 1976 42.14 38.39 2016 14423 161.28
1937 9.72 1977 4375 40.89 2017 147.05 164.68
1938 951 1978 47.82 4399 2018 15001 167.82
1939 9.38 1979 53.02 4899 2019 15298 171.66
1940 945 1980 58.52 55.60 2020 156.04 174.00
1941 9.92 1981 6380 6134 2021*%  159.16

1942 11.00 1982 6835 65.11 2022*%  162.34

1943 11.67 1983 7192 6721 2023*  165.59

1944 11.88 1984 7457 70.11 2024*  168.90

1945 12.15 1985 76.86 72.60 2025*%  172.27

1946 13.16 1986 79.19 7395

1947 15.05 1987 81.87 76.65

1948 16.26 1988 8501 79.82

1949 16.06 1989 88.19 83.67

1950 1537 16.26 1990 9130 88.19

* projected
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Table 6-2. Cost model parameters.

Cost

parameter  definition units

Wg weight empty Ib

Wiyrro maximum takeoff weight b

Nylade number of blades per rotor

P rated takeoff power (all engines) hp

fmotor weighting factor for electrical engines

Waep fixed useful load weight, mission equipment package b or kg

Wrcr fixed useful load weight, flight control electronics Ib or kg

Whatt battery weight Ib or kg
Eluel—cap battery capacity MJ

TMEP cost factor, mission equipment package $/1b or $/kg
TFCE cost factor, flight control electronics $/1b or $/kg
Thatt cost factor, battery $/MJ or $/kWh
Tcomp additional cost for composite construction $/1b or $/kg

F; inflation factor, relative 1994

Whuel mission fuel burned Ib or kg

Eruel mission energy used MJ

Trniss mission time hr

Roiss mission range nm

Weo, mission CO, emissions weight kg

Gtuel fuel cost $/gallon or $/liter
Genergy energy cost $/MJ or $/kWh
Gloredit energy credit $/MJ or $/kWh
B available block hours hr

S spares per aircraft (fraction purchase price)

D depreciation period yr

\% residual value (fraction)

L loan period yr

i interest rate %

Tnr non-flight time per trip hr

Npass number of passengers

Ptuel fuel density (weight per volume) Ib/gal or kg/liter
Naep number of departures per year

Kerow crew factor

Kins insurance cost fraction

Tr flight hours per year

LoadFactor  passenger load factor %




Cost

Table 6-3. Scott cost model parameters.

parameter definition units
c cost $K

) cost per weight $K/Ib
Y fiscal year of procurement

N, production unit corresponding to the estimated cost

N, number of units delivered in production lot containing N,-th aircraft
%4 component weight Ib
Wing

Ay wing aspect ratio

Sw wing planform area ft?
fwing design lift-share fraction of wing in cruise

Wuro maximum takeoff weight Ib
Rotor

Ablade rotor blade aspect ratio

Nilade rumber of blades per main rotor

SMRhub hub fraction of the main rotor weight

Fuselage

Lityse fuselage length ft
Ttuse fuselage half-width at point of maximum fuselage diameter  ft

Ssec fraction of secondary fuselage weight

Engine and Propeller

Peng engine maximum rated power (MRP) hp
Pprop propeller shaft maximum rated power hp
SP = P,,z/mh  engine specific power hp/lb/sec
Praye stage-averaged engine compressor pressure ratio

TBOeng engine time between overhaul flight hours
Kotor electrical engine cost factor

Xnotor electrical engine cost exponent

Drive

Ngp drive system number of gearboxes

Qeng engine output shaft design speed rpm
Omr main rotor shaft design speed rpm
Avionics

fafes weight fraction of automatic flight control system in avionics weight
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Figure 6-1. Statistical estimation of rotorcraft purchase price ($/1b).
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Chapter 7

Emissions

Evaluating the environmental impact of an aircraft begins with calculating the engine emissions for
the missions flown. It is best to use metrics that account for all relevant aircraft emissions, although met-
rics based on a single species can be useful. From the engine emissions, the atmospheric concentrations
are evaluated, then radiative forcing (RF’). Radiative forcing is a measure of the amount of heat trapped
in the atmosphere by a particular pollutant, and is expressed in terms of trapped energy per unit area
(W/m?). Finally, climate changes and the resulting impacts and damages can be determined. The steps
in this causal chain become increasingly important and increasingly uncertain. Any metric that is used
to evaluate new aircraft concepts must balance uncertainty with relevance. The present environmental
impact models were developed by Russell (ref. 1), based on the work of Dallara, Kroo, and Waitz (ref. 2).

The important aircraft emission species are the direct greenhouse gas carbon dioxide (CO;), nitrogen
oxides (NO,), water vapor (H20), aerosols of soot and sulphate (SO,), and aviation-induced cloudiness
(AIC).Carbon dioxide has along lifetime relative to chemical processes in the atmosphere, hence aviation
CO. impacts do not vary with altitude and can be calculated as for other sources. NO,, emissions cause
changes in RF indirectly through chemical processes in the atmosphere. Increases in NO, lead to
increases in atmospheric ozone by a short lifetime process (Oss), a warming effect, and over long time-
scales reductions in the greenhouse gas methane (CH,), a cooling effect. The methane reduction has a
secondary effect of reducing ozone (Oj37,), a cooling effect. Water vapor, short-lived ozone, soot, and
sulfate aerosols have lifetimes much shorter than one year, hence have impacts for only a short time after
emission. Aviation-induced cloudiness (AIC), including the effects of linear contrails and altered cirrus
cloudiness, have a short-lived warming effect. Total radiative forcing from aircraft can be several times
greater than forcing due to CO- alone, depending on altitude and AIC conditions. The impact of NO,,
emissions is similar in magnitude to that of CO,, but there is greater uncertainty in the NO, RF values.
Estimates of the RF due to induced cirrus are particularly uncertain. The uncertainty of the models and
parameters for the various emission species is discussed in reference 2.

The environmental impact of the aircraft operation is estimated in terms of two metrics: emissions
trading scheme (ETS) credits, and average temperature response (ATR). The impact of energy used is
also modeled.

7-1 Emissions Trading Scheme Credits

The emissions trading scheme (ETS) is the European Union system to curb the effects of greenhouse
gas emissions on global climate change, by limiting the amount of carbon dioxide that can be produced
by large polluters such as energy and industrial installations. The ETS was extended to the aviation
sector in early 2012. Under the ETS, each member nation has an emission cap that is used to allocate
allowable carbon emissions to their industrial operators. Operators that do not use their entire allocation
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can sell their unused “carbon credits” on the open market, while operators exceeding their allocation
must purchase credits on the market. The price of carbon credits has varied widely, ranging from below
10 to above 30 Euro/ton CO2. The metric used here is the weight of CO, produced:

WCOQ = KfueIWburn + KenergyEburn

per mission. Typically Ky,e1 = Elco, = 3.75 (Ib/lb or kg/kg) and Kepergy = 0.14 (kg/MJ or kg/kWh).
Different aircraft designs or operations can be compared in terms of W¢o,. Accounting for the influence
on operating cost requires the price of carbon credits.

Kiyel depends on the combustion process and the chemical composition of the fuel (ref. 3). For
combustion of conventional jet fuel, Ky, = 3.16kg/kg = 74g/MJ = 266 g/kWh (using 42.8 MJ/kg).
Accounting for emissions from production of the fuel (principally carbon dioxide, methane, and nitrogen
oxides), gives an equivalent CO4, value perhaps 20% larger: Ky, = 3.75 kg/kg = 88g/MJ = 315g/kWh.
For combustion of alternative jet fuels, typically K¢y = 3.01kg/kg = 70 g/MJ = 263 g/kWh. Account-
ing for biomass credit (CO absorbed during biomass growth), the equivalent CO, value might be 50%
lower than for conventional fuel (ref. 3).

Kenergy depends on the energy source. Table 7-1 (from ref. 4) gives typical values of equivalent
COs, for electricity from various sources. Worldwide average values for equivalent CO, range from 6
to 1100 g/kWh. The current average for the United States is about Kenergy = 500g/kWh = 139 g/MJ.
Optionally there is no emissions credit for energy generation (Elyr, < 0).

Table 7-1. Electricity green-house-gas intensity (equivalent CO, g/kWh).

source median range
coal 860 780-1100
gas 500 400-600
small wind turbine 35 20-50
nuclear 22 10-30
large wind turbine 20 15-25
hydroelectric 18 10-20

7-2 Average Temperature Response

The average temperature response (ATR) quantifies the lifetime global mean temperature change
caused by operation of an aircraft, as a measure of climate change (ref. 2). ATR can be used with a
number of different climate models, but simple linear climate models are appropriate for the conceptual
design of rotorcraft. While atmospheric processes are nonlinear, the globally averaged responses to
small perturbations (in magnitude similar to commercial aircraft emissions) of CO2, NO,, and AIC
perturbations are nearly linear (ref. 2). The ATR metric is based on the radiative forcing (RF') generated
by each emission species. Radiative forcing measures the net imbalance of incoming and outgoing
energies in the Earth-atmosphere system caused by a perturbation. RF' is an instantaneous measure
that quantifies the change in energy that produces changes in climate properties, including temperature.
Many climate change metrics, such as Global Warming Potentials, rely on RF, but do not specifically
target emissions due to aviation. The total RF for all emitted pollutants is used to calculate the global
temperature response. The use of an altitude-sensitive climate model captures the effects of aircraft
operating conditions. In addition, ATR includes parameters such as usage rates and operating lifetime
of the aircraft to determine the total climate impact.
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The average temperature response is calculated by integrating the temperature change during and
after H years of sustained operation of an aircraft:

1 oo
ATR = — / ATy (8) w(t) dt
H 0

ATR has units of temperature. The metric can also be used in relative terms, by dividing by the value
for a baseline design. ATy (¢) is the global mean temperature change resulting from the operation of the
given design, where emissions are assumed to be constant for the first H years and zero thereafter. This
temperature change is a function of the radiative forcing caused by the emission of a number of different
pollutant species. There are multiple models available with varying levels of fidelity for calculating
ATy . Here linear climate models and functions are used, based on reference 2. One limitation of this
model is that the RF of NO, and AIC is based on data that only goes down to 17500 ft. Below this
altitude the effects of NO, and AIC are assumed constant.

There are climate effects from perturbations remaining in the Earth-atmosphere system after the
aircraft operating lifetime has ended. Hence AT}y increases for time up to H, and thereafter decays, but
is not zero. The weighting function w(t) allows discounting of temperature change effects in the years
following H, so that long-term effects such as CO, warming do not dominate ATR. The function

1 t< H
1
w(t) = m H <t <tpax
0 t > tmax

has unit weighting during the operating lifetime, and exponential devaluation thereafter, in terms of the
discount rate r (typically » = 2 to 5%). A rate of zero means that post-operation impacts are equally
important compared with impacts during operating years; a rate of infinity means that post-operation
impacts have no importance; and a positive, finite rate means that the temperature change each post-
operation year is less important than the temperature change experienced the previous year (by the factor
1/(147)).

Also contributing to the ATR metric is aviation induced cloudiness (AIC), which includes both
contrails and aviation-induced cirrus clouds. Following the methodology of reference 2, the impact of
AIC is assumed to be a function of cruise altitude and distance, and does not account for changes in
water vapor emissions or exhaust temperature or atmospheric conditions. The consequence of these
assumptions is that for a given rotorcraft mission, the radiative forcing due to AIC may be greatly
overestimated. Also, strategies are currently being developed to reduce the effects of AIC by rerouting
around areas in the atmosphere prone to aircraft contrails, so future aircraft may have significantly
reduced climate impacts due to AIC. Since there is a high degree of uncertainty in radiative forcing due
to AIC, calculations of ATR should be made both with and without its effects.

Design for minimum ATR depends on the time horizon, discount rate, operating altitude and speed,
and the engine technology. If there is no discounting of long-term effects (r = 0), radiative forcing due
to CO, dominates the ATR, favoring a higher cruise altitude. When long term effects are included and
engine technology for low NO,, is assumed, ATR can be generally minimized by designing for low fuel
burn. If only short-term impacts are considered (r = oo), then NO, emissions have a greater impact,
and a lower cruise altitude results in decreased climate impact, despite increased fuel burn and CO,
emissions. The inclusion of AIC in the metric calculations also has a large impact on the design, and
favors a low cruise altitude.
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7-2.1 Aircraft Mission

ATR is calculated assuming constant emissions during the first H years of operation and zero
emissions thereafter. For a single operating mission, AT}y is the sum over all mission segments, times a
utilization rate of U missions per year. The information for each mission segment includes: fuel burned
Whurn, energy used Fyu.,, altitude b, air distance flown d, engine fuel flow w, and operating condition
(M, 0,9).

7-2.2 Engine Emissions

Engine emissions can be quantified in terms of an emissions index (E1, 1b/lIb or kg/kg) that relates
the amount of a pollutant species to the amount of fuel burned. For some emission species, such as CO,
and water vapor, the ET is nearly constant, assuming ideal or near-ideal fuel combustion. For others,
particularly NO,, the ET varies widely throughout the operating range of the engine. The emission of
species i is thus obtained from the fuel consumption summed over all mission segments:

ei =Y ELWium

seg

The time-varying annual emissions E is found by summing over all operations conducted in a year.
Assuming a single operating mission, F; = Ue;, where U is the aircraft utilization rate (number of
missions per year).

For each fuel, ET is required for CO2, H2O, SO, soot, and NO,.. Optionally there is no emissions
credit for energy generation (Epym < 0).

7-2.3 Turboshaft Engine Emissions

For carbon dioxide, water vapor, sulfates, and soot the emissions indices are assumed to be constant.
The ETI of CO2, H;0, or SO, depends solely on the composition of the fuel. The ET for soot can vary
with engine operating condition, but because soot comprises a small fraction of total climate impacts
(typically less than 5%), this index can also be assumed constant. The values used for the constant ET
emissions are given in table 7-2 (from ref. 2).

Table 7-2. Emission indices for constant ET species.

species emission index ET (Ib/lb or kg/kg)
jet fuel methane hydrogen
CO, 3.16 2.75 0
H-,0O 1.26 2.25 8.94
SO, 2.0x107%
soot 4.0 x 1075

The ET for oxides of nitrogen (including NO and NO,, collectively called NO, ) depends on operat-
ing conditions, including engine throttle setting, Mach number, and altitude (temperature and pressure).
Hence EIxo, must be evaluated for each mission segment. Engines are required to comply with NO,,
emissions regulations during landing and takeoff. The International Civil Aviation Organization (ICAO)
measures and publishes certification data relating fuel flow, thrust, and Elyo, at four sea-level static
throttle settings that simulate taxi, takeoff, climb, and approach operating conditions. However, ICAO
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does not measure NO,, at cruise conditions, because these emissions are not currently regulated. There-
fore, a model is needed to compute FElIno, at specific flight conditions including cruise. Fuel flow
correlation methods have been developed for this purpose. While there is a large amount of published
turbofan NO,, emissions data and established methods for estimating variation with altitude, there is
little public information for turboshaft engines. Russell (ref. 1) developed a method to estimate Elno,
based on engine performance information from the NDARC engine models, ICAO turbofan emissions
data, and the German Aerospace Center (DLR) fuel flow method described in reference 5. The DLR
semi-empirical method models the relationship between engine throttle setting and Elno, at varying
ambient temperature and pressure conditions. The DLR method has been shown to predict EIxo, to
within approximately 10% of measurements at typical cruise conditions.

The emission index for NO,, is calculated from the fuel flow w as follows. The fuel flow is corrected
to referred conditions at the inlet: o = w/5;:1/0;), where the temperature and pressure ratios are

0, = (1 + 7T1M2> 0= (1+0.2M%)0
NS
0 = (1 + VTM2> Ts= (14022705

(for ratio of specific heats y = 1.4). The engine model gives the fuel flow w as a function of Peq = fpPio
at SLS static conditions, which can be interpolated to find fp such that «) = 1i¢.,r. The corrected emission
index is scaled to SLS takeoff power, hence

Elno,corr = Kero + Keni fp

The constants depend on the engine design and technology. Typically 1000K g1 = 3.6739 and 1000K g4
= 7.48 for a low-emissions engine (based on CF34); 1000K g7y = 2.4392 and 1000Kg;; = 23.26 for a
high-emissions engine (based on HTF7000). Finally, the emission index is

EINOI = EINOwcorrafégAFH
with the humidity correction factor Fyy = exp ((6.29 — e~ 0-000143(h=12900)) /53 9) altitude h in ft.

There are two assumptions in this method. The first assumption is that the variation of Flyo, for
a turboshaft is the same as that of a turbofan engine. Since both are gas turbine engines, employing the
same thermal cycle, this assumption should be valid. The second assumption is that the RPTEM engine
model is producing variations in fuel flow with speed and altitude in a manner consistent with the DLR
fuel flow method. Since both the fuel flow method and the engine model in NDARC are based on real
engine data, this assumption should be valid as well. Two different engines are used as references. The
GE CF34-3B and the Honeywell HTF7000 have fuel flows similar to what is calculated for a turboshaft
engine. Both engines are relatively modern, high bypass ratio, small turbofans. The HTF7000 and CF34
also represent the upper and lower bounds on NO,, emissions for this category of engine, so they should
bracket the expected quantity of NO, emissions for a turboshaft engine. Compared to the differences
between the Elxo, values of the two reference engines, the speed and altitude corrections are relatively
small.

An alternative approach is to calculate the emission index for NO,, from the engine power required.
Reference 6 gives the parametric relation

0.5677
P’r’eq )

Elno, = KEgrs (1000
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with P,.., in hp, and 1000K g, = 4 to 14, depending on the engine design and technology.

With more than one turboshaft engine group using fuel from a tank, the emission index for a
segment is weighted by the fuel flow, hence by the fuel burned: ElIxo, = > EIw/) v (sum over
engine groups).

7-2.4 Energy Emissions

The environmental impact of energy used is quantified in terms of constants K (kg/MJ or kg/kWh)
that relate the amount of a pollutant species to the amount of energy burned. These constants depend on
the source of the energy, and are required for CO,, H,O, SOy, soot, and NO,,. The emission of species
i is thus obtained from the energy consumption summed over all mission segments:

€ = Z K;Fyurm

seg

The time-varying annual emissions are E; = Ue;, which is added to the engine emissions. In the climate
model, the altitude corresponding to these emissions is zero.

7-2.5 Climate Model and Radiative Forcing

A climate model is required to determine the temperature change resulting from the emissions
produced by an aircraft operation. The simplest approach (ref. 2) is to use a linear climate model,
so the time-varying radiative forcing of each species is obtained from the emissions and a climate
impulse response function. Although derived from the globally averaged results of some complex,
three-dimensional, global climate model, a linear model simplifies the physics and chemistry of aircraft-
induced climate change, and captures first-order effects. The climate model used, developed in reference
2 specifically for aircraft operations, includes the altitude variation for NO,, and AIC impacts. Different
models are required for long-lived gases, short-lived pollutants, and AIC. Models for RF from all
emissions except CO,, which has a very long atmospheric lifetime, depend on the assumed geographical
distribution of emissions. The models used are based on average impacts from fleetwide routing in
a single year within the last decade, quantifying the average forcing caused by emissions spatially
distributed according to routing similar to current traffic.

For long-lived emission species i (CO,, CH,, Osp), the radiative forcing RF; is obtained by
integrating the product of the E; (kg/yr) and the impulse response G; (W/m?/kg):

RFi(t) = si(h) t Gi(t —7)Ei(7)dr

= U ) (BEWin + KB4 [ (@l 7)/A0u(r) b

seg

=U Z si(h)aiAiXi(t)

seg
where a; = (EL;Whum + K; Ebum)» u(t) is the emission time history (unit amplitude), and for ¢ > 0
G002 (t) = A002 (1 + E?zlacj (eit/‘rcj — 1))

GCH4 (t) = ACH4€_t/T”
GOSL (t) = AOSLeit/Tn
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Elxo, is used for CHy, O3y,. The parameters are given in table 7-3. The forcing factors s;(h) are given
as a function of altitude in table 7-4; s = 1 for carbon dioxide.

For short-lived emission species (H,O, Osg, soot, SO,4), RF' is assumed to be proportional to the
emissions:
RFz (t) = Sz(h) (RFref/Eref)i E’L (t)

=U Z Si(h) (EIinurn + KiEburn> (RFref/Eref)i u(t)

seg
=U Z si(h)a; A; X (
seg
where A; = RF\er/Ever and X;(t) = u(t). Elno, 1s used for Osg. The parameters (RF ot/ Fref) are given
in table 7-3. The forcing factor s = 1 except for Oss, which is given in table 7-4.

Aviation-induced cloudiness (AIC) effects are assumed to be proportional to the distance traveled:

RFEA1c(t) = satc(h) faic (REver/Lyef) g1 L()
= UZSAIC Ydfarc (RF et/ Lret) arc u(t)

seg

= U sac(h)aarcAac Xarc(t)
seg
where L = U Zseg d is the stage length flown per year, aaic = d; Aaic = farcRF et/ Lrer and Xaic(t) =
u(t). The parameter (RF et/ Lief) 18 given in table 7-3, and the forcing factor saic in table 7-4; faic is
an input correction factor.

These forcing factors (table 7-4) characterize globally and annually averaged RF's based on current
flight routes. Forcing factors, particularly for AIC impacts, are expected to vary with time of day, season,
and earth latitude, effects which are averaged in this model.

The normalized RF for each species is based on the RF' that would result from a doubling of carbon
dioxide:

RF; =U A —"X,(t
YO =t B o 1131?729[:002 Z ' RF2;c0, i)

seg

for COs, CHy, O3p,, Oss, H20, soot, SO4, and AIC. The efficacy factors f; are given in table 7-3;
fco, = 1. From the total normalized RF and a climate impulse response function, the time-varying
global mean temperature change is evaluated:

= /0 Gr(t—r71) ZRF;‘(T) dr

= DU T A g s [[(Gre-n/$)x,(r) dr

seg

_ fi
ZUZ& RF2:cCOQSY()

seg

where
GT(t) =9 (ﬁe—t/ﬁl + -y e—t/‘ﬂn)

Tt1 T2
The time constants in Gp describe the thermal response of the earth system to an energy perturbation,
and S is the steady-state temperature change produced by a constant annual forcing of RF5,c0,. The
parameters are given in table 7-3.
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Q;

The corresponding weight emitted for each species is W, = Zscg(EIinurn + K;Epum) = >
per mission (W; = HU Y____ a; over the operating duration H).

seg

seg

7-2.6 ATR Evaluation

The average temperature response (ATR) is calculated from AT = ATy, assuming constant emis-
sions during the first H years of operation and zero emissions thereafter. Hence the shape function
u(t) = 1 for 0 < ¢t < H, and zero at other times. For a single operating mission, ATy is the sum over all
mission segments (each giving fuel and energy burned and distance traveled), with a utilization rate of
U missions per year. The radiative forcing factors are:

Xeou(®) = /t (1 Y0 (ef(tf‘r)/‘rcj _ 1)) u(r) dr
0

t(l — Ejacj) + Zjachcj (1 — €_t/7—cj) t< H
H(l — Ejacj) + Zjachcj (6_(t_H)/TCj — e_t/ch) t>H

t
<%mwzxm@=/ewqumw
0

R (1—e*t/7") t< H
RS (e=(t=H)/mn _ g=t/ma) t>H

and X;(t) = u(t) for the other species. The temperature change factors Y;(t) = fg(GT(t —71)/8)X;(7)dr
are:

o [(t — 71 (1— 67t/Tt1)) (1-3j0)

IS {1 b Tt Te ot/ H
Tt1

Tej — Ttl Tej —

t<H
+ (1 - Oét) |:(t — Ttg(l — e_t/T”)) (1 — Z]‘O[Cj)
+3jaeiTe {1 412 et Td -t/ H
Tej — Tt2 Tej — Tt2
oy [(H — 7y (e~ H)/ma _ e_t/m)) (1-3%j0)
Yoo, (t) = .
+XjacjTe; {—7 (e_(t_H)/T“ - e‘t/m)
Tej — Tt1
e Gl H
T t> H

+ (L= an) [(H = miafe 7/ —e7t/)) (1 - Sja,)

Tt2 —(t— -
30 Tej {7 (e (t=H)/mz _ ¢ t/”z>
ch — T2

p T8 (/s gt/ H
Tej — Tt2
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QiTh [1 + Le_t/‘r“ T e—t/T”]
Tn — Tt1 Tn — Tt1 t< H
+ (1 — )™ [1 + - TtQT et/ — T”T et/T"]
n — 1t2 n — 112
Ty, [ Tt1 (e*(t*H)/m — eit/m)
Yon, (t) = Yo,, () = Tn = Te1
T n (ef(tfH)/'rn _ 6t/-rn):|
o t>H
Tn — Tt2
L Tn (e—(t—H)/rn _ e—t/m)}
Tn — Tt2
and for the other species
Oét[l_e_t/‘rﬂ} +(1—at)[1—e‘t/”2} t<H
Yi(t) =
ot [e_(t_H)/T“ - e_t/m} +(1— o) [e_(t_H)/m — et/ t>H

Then the average temperature response is
1 tmax
ATR = — / ATy (t)w(t)dt
H Jo

_ WA i g1 /“‘ :
_zi:UZsl(h)alAl RFMO2S il Y;(H)w(t) dt

seg
S Uy fi
Pl RF5;co,

= Z ATR;

Given H and r, Z; is evaluated by numerical integration. For the special cases of = 0 (no discounting)
and r = co (no effects beyond H):
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Zco, =

ZCH4 = ZO3L =

H
(? — QT — (1 — Oét)Tt2> (1 — Zjacj) + Ejachcj

+ oy [Ttl% (1 — €_H/T“) (1 — Ejacj)

Tt1 Tt1 _ Teci Tei _ .
+2jacﬂcj{7,—mﬁ (1mertrm) - o (1= H/T”)}
cj c

j
h
+(1— o) [Tt2§ (1 - €7H/m) (1—3j0.5)

T2 T2
—‘ijOéchcj {7— (1
Tej — Tt2 H

2

T

Fay [mﬁ (6—<tmx—H)/m _ 6—tmx/m) (1-%ja0)

300 Te {77—“ u (e_(tm‘“_H)/T“ - e‘tmx/”1>
Tej — Tt1 H

_LTﬂ (e_(tmax_H)/TCj _ e_tmaX/TCj) }:|

Tej — Tt1 H
+ (1 — Oét) [Ttg% (ei(tmaxiH)/T& — eitmax/ﬁg) (1 — Zjacj)

T2 T2 [ _ — —
+2ja0j7-cj { 2 (e (tmax—H)/Te2 _ e tmax /T2
Tej — Tt2 H

_LE (e_(tmax_H)/TCj _ e_tmaX/TCj) }:|
Tej — Tt2 H

_e—H/m) __Tu Te (1 - e—H/w)}
Tej — Tt2 H

H
(tmax —— - — (1— at)Tt2> (1 =Ej0c)) + XjoeTe;

and for the other species:

1+ ay [f% (1= )] + (- a) [f% (1-
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Since ¥;a.; # 1, the radiative forcing for CO; is finite at long times (Xco, — H(1 — Xja;)), and CO,
dominates the temperature response. It is necessary to introduce t,,,x so that Z¢o, (and ATR) is finite
in the absence of discounting (r = 0).
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Table 7-3. RF factor s for NO, impacts and AIC.

altitude (ft) AIC CH4, O3L 035

<17500 0.000 0.868 0470
17500 0.029 0.868 0470
19500 0.000 0.924 0.557
21500 0.000 0.959 0.620
23500 0.171 0.965 0.711
25500 0.399 0.947 0.713
27500 0.798 0.933 0.809
29500 1.254 0.930 0.931
31500 1.710 0.942 1.009
33500 2.109 0.977 1.131
35500 1.824 1.136 1.431
37500 1.539 1.213 1.630
39500 0.969 1.204 1.802

41500 0.798 1.201 1.937
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Table 7-4. Radiative forcing models.

CO., parameters

Aco, 1.80 x 10715 (W/m?)/(kg CO,)
Q1 0.259

Q2 0.338

o3 0.186

Tel 172.9 yr

Te 18.51 yr

Tes 1.186 yr

NO, parameters

Ach, —5.16 x 10713 (W/m?)/(kg NO,,)
Ao, —1.21 x 10713 (W/m2)/(kg NO,,)
Tn 12.0 yr

fon, 1.18

fos 1.37

(RFyef/ Frof)Oss 1.01 x 10~ (W/m?)/(kg NO,,)
H,0, SO, soot, and AIC parameters

fH1,0 1.14

fs0. 0.9

fsoot 07

faic 0.59

(RFyof/ Eref)H,0 7.43 x 10715 (W/m?)/(kg H,O)
(RFref/Eref)SO4 —1.00 x 1010 (W/m2)/(kg 504)
(RFE et/ Erot)soot 5.00 x 10~10 (W/m?2)/(kg soot)
(RFyef/ Lyet) A1C 2.21 x 10712 (W/m2)/nm
Temperature change model parameters

RFQICO2 3.70 \V/Il’l2

S 3.0 K

Qg 0.595

Tl 8.4 yr

T2 409.5 yr

Emissions



Chapter 8

Aircraft

The aircraft consists of a set of components, including rotors, wings, tails, fuselage, and propul-
sion. For each component, attributes such as performance, drag, and weight can be calculated. The
aircraft attributes are obtained from the sum of the component attributes. Description and analysis of
conventional rotorcraft configurations is facilitated, while retaining the capability to model novel and
advanced concepts. Specific rotorcraft configurations considered include: single-main-rotor and tail-
rotor helicopter, tandem helicopter, coaxial helicopter, tiltrotor, compound helicopter, multicopter, and
airplane.

The following components form the aircraft:

a) Systems: The systems component contains weight information (fixed useful load, vibration, contin-
gency, and systems and equipment) for the aircraft.

b) Fuselage: There is one fuselage for the aircraft.
¢) Landing Gear: There is one landing gear for the aircraft.

d) Rotors: The aircraft can have one or more rotors, or no rotors. In addition to main-rotors, the
component can model tail-rotors, propellers, proprotors, and ducted fans.

e) Wings: The aircraft can have one or more wings, or no wings.
f) Tails: The aircraft can have one or more horizontal or vertical tail surfaces, or no tails.

g) Fuel Tanks: There are one or more fuel tank systems for the aircraft. Fuel tank systems are associated
with the engine groups, jet groups, and charge groups. Fuel quantity is measured as either weight or
energy. There can be one or more sizes of auxiliary fuel tanks.

h) Propulsion Groups: The aircraft can have one or more propulsion groups, or none. Each propulsion
group is a set of components (rotors) and engine groups, connected by a drive system. The components
define the power required. The engine groups define the power available.

1) Engine Groups: An engine group consists of one or more engines of a specific type. An engine group
transfers power by shaft torque, so it is associated with a propulsion group. For each engine type an
engine model is defined. The engine model describes a particular engine, used in one or more engine
groups.

j) Jet Groups: The aircraft can have one or more jet groups, or none. A jet group produces a force on
the aircraft. A jet model describes a particular jet, used in one or more jet groups.

k) Charge Groups: The aircraft can have one or more charge groups, or none. A charge group generates
energy for the aircraft. A charge model describes a particular charger, used in one or more charge groups.
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8-1 Loading

The aircraft disk loading is the ratio of the design gross weight and a reference rotor area: DL =
Wp/Aree. The reference area is a sum of specified fractions of the rotor areas, A, = Y fa A (typically
the projected area of the lifting rotors). The disk loading of a rotor is the ratio of a specified fraction of
the design gross weight and the rotor area:

T _ fwWop _ fw Wb
A A AJAvet Aves
where probably »° . - fw = 1, and the lifting rotors are all rotors not designated antitorque or auxiliary-
thrust. If there are N lifting rotors of the same area, with no overlap, then f4 = 1, A,f = NA,
fw = A/Ars = 1/N,and (DL).otor = DL. For rotors designated antitorque or auxiliary-thrust, the disk

loading is calculated from the design rotor thrust: (DL),otor = Tdesign/A-

(DL)rotor ==

For coaxial rotors, the default reference area is the area of one rotor: f4 = Yo, Ares = A, fiv = Yo,
and (DL)yotor = /2DL. For tandem rotors, the default reference area is the projected area: A, =
(2 — m)A, where mA is the overlap area (m = 0 for no overlap, m = 1 for coaxial). Then f, = 2™,
fw = Yk, and (DL)yotor = 2_T’”DL. Optionally, the reference area for tandem rotors can be total rotor
area instead: A, = 2A.

The aircraft wing loading is the ratio of the design gross weight and a reference wing area: WL =
Wp/Sret. The reference area is a sum of the wing areas, S, = > S. The wing loading of an individual
wing is the ratio of a specified fraction of the design gross weight and the wing area:

W fwWp  fw Wb

S S /5t Swr
fw = 1. If there are N wings of the same area, then fiy = S/S,ef = 1/N, and

(WL)wing =

where probably
(WL)wing = WL.

wing

The aircraft power loading is the ratio of the design gross weight and the total installed takeoff
power: W/P = Wp/ )" NengPeng, where the sum is over all engine groups.

8-2 Controls

A set of aircraft controls ¢ 4¢ are defined, and these aircraft controls are connected to the component
controls. The connection to the component control ¢ is typically of the form ¢ = STcac + ¢o, where T
is an input matrix and ¢, the component control for zero aircraft control. The connection (matrix T) is
defined for a specified number of control system states (allowing change of control configuration with
flight state). The factor S is available for internal scaling of the matrix. The control state and initial
control values are specified for each flight state. Figure 8-1 illustrates the control relationships.

Typical (default) aircraft controls are the pilot’s controls: collective stick, lateral and longitudinal
cyclic sticks, pedal, and tilt. Units and sign convention of the pilot’s controls are contained in the matrix
T. For the single-main-rotor and tail-rotor configuration, it is often convenient for the collective and
cyclic stick motion to equal the collective and cyclic pitch input of the main-rotor, and the pedal motion to
equal the collective pitch input of the tail-rotor. The aircraft controls should be scaled to approximately
the same amplitude, by appropriate definition of the matrix 7" and scale factor S.

These aircraft controls are available for trim of the aircraft. Any aircraft controls not selected for
trim will remain fixed at the values specified for the flight state. Thus by defining additional aircraft
controls, component controls can be specified as required for a flight state.
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Figure 8-1. Aircraft and component controls.

Each aircraft control variable c4¢ can be zero, constant, or a function of flight speed (piecewise
linear input). The flight state input can override this value of the aircraft control. The input value is an

initial value if the control is a trim variable.

Each component control variable ¢y (value for zero aircraft control) can be zero, constant, or a
function of flight speed (piecewise linear input). Optionally the use of ¢y can be suppressed for a flight
state. The component control from aircraft control (T'ca¢) is a fixed value, or a function of speed, or a

linear function of another control (perhaps a trim variable).
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The tilt control variable ay;; is intended for nacelle tilt angle or conversion control, particularly for
tiltrotors. The convention is a4, = 0 for cruise, and aqr = 90 deg for helicopter mode. If av;); exists as
a control, it can be zero, constant, or a function of flight speed (piecewise linear input).

An optional control conversion schedule is defined in terms of conversion speeds: hover and
helicopter mode for speeds below Vipover, cruise mode for speeds above Vicruise, and conversion mode
between. The nacelle angle is «;; = 90 in helicopter mode, ay;y = 0 in airplane mode, and it varies
linearly with speed in conversion mode. The tip speed is Viip—nover int helicopter and conversion mode,
and Viip—cruise 10 airplane mode. Control states and drive system states are defined for helicopter, cruise,
and conversion mode flight. The flight state specifies the nacelle tilt angle, tip speeds, control state,
and drive system state, including the option to obtain any or all of these quantities from the conversion
schedule.

The flight speed used for control scheduling is usually the calibrated airspeed (CAS), hence variation
with dynamic pressure. Velocity schedules are used for conversion, controls and motion, rotor tip speed,
landing gear retraction, trim targets, and drive system ratings. Optionally these velocity schedules use
indicated airspeed Vi,q, calibrated airspeed V.,;, or true airspeed V.

The control matrices T can be defined based on the configuration. Let caco, cace, cacs, cacp be
the pilot’s controls (collective, lateral cyclic, longitudinal cyclic, and pedal). For the helicopter, the first
rotor is the main-rotor and the second rotor is the tail-rotor; then

Thcon 1 0 0 0 CACO
Taviat | _ |0 = 0 0 CACc
TMing 0 0 -1 0 CACs
TTcoll 0 0 0 -r CACp
where r is the main-rotor direction of rotation (r = 1 for counter-clockwise rotation, r = —1 for clockwise

rotation). For the tandem configuration, the first rotor is the front rotor and the second rotor is the rear
rotor; then

Trcoll 1 0 -1 0 CACO
Triat | _ |0 —rp 0 —rp CACe
TReoll 10 1 0 CACs
TRiat 0 —rr 0 rg cACp
For the coaxial configuration:
Ticon 10 0 mn
T1at 0 -m 0 O CACO
Ting | |0 0 -1 0 CACe
Tocon 1 0 0 7 CACs
T1at 0 - 0 O cACp
Toing 0 0 -1 0

For the tiltrotor, the first rotor is the right rotor and the second rotor is the left rotor; then

TRcoll rB -1 0 07
TRing 0 0 -1 1 Cace
Tt.con 1 1 0 0 .
Timg | =10 0 -1 -1 Ace
& cAC
T 0 -1 0 0 e
Totey 0 0 1 0 ACp
Trud Lo 0o o0 1]
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with cyclic stick and pedal connected to rotor controls only for helicopter mode. For the multicopter
configuration:

Ticoll = CACO — CACeSINY; 4+ cacs COSY; + CacpTi

where 1), is the angle of the i-th rotor, measured clockwise from the forward longitudinal axis. Alternative
multicopter control strategies use rotor rotational speed instead of collective, or cyclic for yaw control.

The sign conventions for the pilot’s controls are collective stick positive up, lateral cyclic stick
positive right, longitudinal cyclic stick positive forward, and pedal positive nose right. The rotor controls
are a positive Fourier series, with azimuth measured in the direction of rotation.

8-3 Trim

The aircraft trim operation solves for the controls and motion that produce equilibrium in the
specified flight state. In steady flight (including hover, level flight, climb and descent, and turns),
equilibrium implies zero net force and moment on the aircraft. In general, there can be additional
quantities that at equilibrium must equal target values. In practice, the trim solution can deal with a
subset of these quantities. Usually it is at least necessary to achieve equilibrium in the aircraft lift and
drag forces, as well as in yaw moment for torque balance. The basic purpose of the trim solution is to
determine the component states, including aircraft drag and rotor thrust, sufficient to evaluate the aircraft
performance.

Different trim solution definitions are required for various flight states. Therefore one or more
trim states are defined for the analysis, and the appropriate trim state selected for each flight state of a
performance condition or mission segment. For each trim state, the trim quantities, trim variables, and
targets are specified. The available trim quantities include:

aircraft total force and moment; aircraft load factor;

propulsion group power;

power margin Pu,pa — Pregpe; torque margin Ppsiimit — Preqpas

engine group power; power margin Py, p¢ — Preqra; momentum margin Fo — Fareqs
jet group thrust; thrust margin T, ;¢ — Treqsq; momentum margin Fo — Fgyreq;
charge group power; charge power margin Py,c¢ — Preqocs

fuel tank energy flow Epate’ battery power margin, Pp.x — \Ebatt l;

rotor force (lift, vertical, or propulsive); rotor shaft power;

rotor thrust C'r/o; rotor thrust margin (Cr/0)max — |Cr/0l;

rotor flapping 3., (s; rotor hub moment, roll and pitch; rotor torque;

wing force; wing lift coefficient Cr; wing lift margin Cpax — Cr;

tail force.

Targets for aircraft total force and total moment (including inertial loads in turns) are always zero. The
available trim variables include:

aircraft controls;

aircraft orientation, 6 (pitch), ¢ (roll);

aircraft horizontal velocity Vj,;

aircraft vertical rate of climb V,; aircraft sideslip angle;
aircraft angular rate, 6 (pullup), ¥ (turn);

propulsion group tip speed or engine speed.
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axes for description of aircraft coordinate
aircraft geometry system
(arbitrary reference) (origin at CG)

"

BL y

Y
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SL X aft

Figure 8-2. Aircraft geometry.

The aircraft orientation variables are the Euler angles of the body axes relative to inertial axes. The
aircraft controls (appropriately scaled) are connected to the component controls.

A Newton—Raphson method is used for trim. The derivative matrix is obtained by numerical
perturbation. A tolerance e and a perturbation A are specified.

84 Geometry

The aircraft coordinate system has the z-axis forward, y-axis to the right, and z-axis down, measured
from the center of gravity (fig. 8-2). These aircraft axes are body axes (« is not aligned with the wind),
the orientation determined by the convention used for the input geometry. The center of gravity is the
appropriate origin for describing the motion of the aircraft, and summing the forces and moments acting
on the aircraft.

Layout of the geometry is typically in terms of station line (SL, positive aft), buttline (BL, positive
right), and waterline (WL, positive up), measured relative to some arbitrary origin (fig. 8-2). The z-y-z
axes are parallel to the SL-BL-WL directions. One or more locations are defined for each component
of the aircraft. Each component will at least have a location that is the point where component forces
and moments act on the aircraft. Each location is input in fixed or scaled form. The fixed form input
is SL/BL/WL (dimensional). The scaled form input is z/L (positive aft), y/L (positive right), and
z/L (positive up), based on a reference length L, from a reference point. The reference length is the
rotor radius or wing span of a designated component, or the fuselage length. The reference point can
optionally be input, or the location (hub) of a designated rotor, or the location (center of action) of a
designated wing component, or the location (center of action) of the fuselage, or the location of the
center of gravity. Fixed input can be used for the entire aircraft, or just for certain components.

From this fixed or scaled input and the current aircraft size, the actual geometry (x, y, z) can be
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calculated for each location. There are also options to calculate geometry from other parameters (such
as tiltrotor span from rotor radius and clearance). This calculated geometry has the sign convention of
the aircraft axes (z positive forward, y positive right, z positive down), but has the origin at the reference
point (which may or may not be the center of gravity). All input uses the same sign convention; all
internal calculations use the same sign conventions. Table 8-1 summarizes the conventions.

The location of the aircraft center of gravity is specified for a baseline configuration. With tilting
rotors, this location is in helicopter mode. For each flight state the aircraft center of gravity is calculated,
from the baseline location plus any shift due to nacelle tilt, plus an input center-of-gravity increment.
The aircraft center-of-gravity can also be shifted by wing tilt. Alternatively, the aircraft center-of-gravity
location for the flight state can be input. Any change of the center-of-gravity position with fuel burn
during a mission is not automatically calculated, but could be accounted for using the flight state input.

The aircraft operating length and width are calculated from the component positions and dimensions:
Liotal = Tmax — Tmin ANd Wiotal = Ymax — Ymin» Where the maximum and minimum dimensions are for the
fuselage and all rotors, wings, and tails. The corresponding footprint area is then Siota) = Liotal Wrotal -

Table 8-1. Geometry conventions.

layout scaled input calculated motion and loads
origin arbitrary reference point reference point center of gravity
x SL (+ aft) x/L (+ aft) z (+ forward) x (+ forward)
Yy BL (+ right) y/ L (+ right) y (+ right) y (+ right)
z WL (+ up) z/L (+up) z (+ down) z (+ down)

8-5 Aircraft Motion

The aircraft velocity and orientation are defined by the following parameters: flight speed V'; turn
rate; orientation of the body frame relative to inertial axes (Euler angles); and orientation of the velocity
frame relative to inertial axes (flight path angles). Aircraft conventions are followed for the direction
and orientation of axes: the z-axis is down, the z-axis forward, and the y-axis to the right; and a yaw-
pitch-roll sequence is used for the Euler angles. However, the airframe axes are body axes (fixed to the
airframe, regardless of the flight direction) rather than wind axes (which have the z-axis in the direction
of the flight speed). The orientation of the body frame F relative to inertial axes I is defined by yaw,
pitch, and roll Euler angles, which are rotations about the z, y, and z axes, respectively:

CFI = X¢F Y9F ZﬂJF

So yaw is positive to the right, pitch is positive nose up, and roll is positive to the right. The flight path
is specified by the velocity V, in the positive z-axis direction of the velocity axes. The orientation of the
velocity axes V relative to inertial axes I is defined by yaw (sideslip) and pitch (climb) angles:

eV = Yo, Zva#JF

Sideslip is positive for the aircraft moving to the right, and climb is positive for the aircraft moving up.
Then
CFV _ CFICIV — X¢FY9FZ—¢JVY—9V
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In straight flight, all these angles and matrices are constant. In turning flight at a constant yaw rate, the
yaw angle is ¢p = ¢ pt; the turn radius is Ry = V), / ¥ r; and the nominal bank angle and load factor are
tangp = vn2 —1= 1/1 #V1/g. Then the forward, sideward, and climb velocities are:

Vi =V cos by cospy = Vj, coshy

Vs =V cos Oy sinyy = Vj, sin ¢y

V. =Vsinby = Vj, tan 6y
where V}, = V cos 0y is the horizontal velocity component. The velocity components in airframe axes are

vl = o 1/F = CFV(V00)T (aircraft velocity relative to the air). The calibrated airspeed is calculated
from the true airspeed V:

B [6((140.2M2)7/2 — 1) + 1]
Veal = Vﬁ\/ 0.2M25

2T

1
~Vo |1+ g(l — &) M? + %(1 — 108 + 95%) M*

where o = p/py is the density ratio, 6 = p/po is the pressure ratio, and M is the Mach number. The
indicated airspeed Vi,q is obtained from calibrated airspeed using a specified conversion table. The
aircraft angular velocity is

or 1 0 —sinfp b
who =P =R 0r | =10 cosdp sin¢gp cosfp O
(ra 0 —singrp cos¢rcoslp oy

For steady state flight, Op = qSF =0; ’(/JF 1S nonzero in a turn.

A headwind or tailwind can be specified. The wind velocity is a linear function of altitude h:
Vi = £(max(0, dwina + fwina®)), with the plus sign for a headwind and the minus sign for a tailwind. For
example, California-to-Hawaii 85" percentile winter quartile headwind profile is V,, = 9.59 + 0.00149h
(with altitude A in ft). The wind speed is V,,, and the ground speed is V, =V}, — V,,.

Accelerated flight is also considered, in terms of linear acceleration af{, = 0¥'1/¥ = gn; and pitch
rate 0. The nominal pullup load factor is n = 1 + 0V}, /g. For accelerated flight, the instantaneous
equilibrium of the forces and moments on the aircraft is evaluated, for specified acceleration and angular
velocity; the equations of motion are not integrated to define a maneuver. Note that the fuselage and
wing aerodynamic models do not include all roll and yaw moment terms needed for general unsteady
flight (notably derivatives L,,, L,, L, Ny, Np, N;.).

The aircraft pitch and roll angles are available for trim of the aircraft. Any motion not selected for
trim will remain fixed at the values specified for the flight state. The pitch and roll angles each can be
zero, constant, or a function of flight speed (piecewise linear input). The flight state input can override
this value of the aircraft motion. The input value is an initial value if the motion is a trim variable.

The aircraft never-exceed speed Vg (knots TAS) can be specified by a combination of tabular,
stall, compressibility, and Mach number limits. The tabular limit Vyg; is a function of density altitude
hq and weight ratio ry = Wg/Wp, and perhaps temperature 7 (°C). The stall limit is evaluated for
each rotor from the steady or transient or equation definition of the rotor thrust capability, (Cr/0)max
as a function of advance ratio u. Given Cr /o, the steady or transient function is interpolated to yu; or
the equation (Cr/0)max = Ko — K142 is solved for p = /(Ko — |Cr/0|)/K1; then Vigs = uViip. The
compressibility limit, typically obtained from flight test, is the indicated airspeed (knots) as a function
of density altitude h4, temperature 7 (°C), main rotor tip speed Vi;,, and weight ratio ry = Wg/Wp:

VNEc = Cl - Cth + 037' — 04‘/tip — O5T‘W
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The Mach number limit is evaluated for each rotor from a specified advancing tip Mach number:
VNEm = Maics — Viip. The aircraft never-exceed speed is the minimum of the active limits: Vyg =
min(VNgt, Vigs, VNEe, VNEm ). Finally, minimum and maximum speeds can be specified, so Vg =
max(Vinin, min(Viax, Vag)); where Vi, and V.« are each the minimum of true airspeed and indicated
airspeed values (expressed as true airspeed).

8—6 Loads and Performance

For each component, the power required and the net forces and moments acting on the aircraft can
be calculated. The aerodynamic forces F' and moments M are typically calculated in wind axes and then
resolved into body axes (z, y, z), relative to the origin of the body axes (the aircraft center of gravity).
The power and loads of all components are summed to obtain the aircraft power and loads. Typically
the trim solution drives the net forces and moments on the aircraft to zero.

The aircraft equations of motion, in body axes F with origin at the aircraft center of gravity, are the
equations of force and moment equilibrium:

m(i)FI/F_’_&FI/F,UFI/F) FF 4 pF

grav
TFGFI/F | GFI/F [F FI/F _ 3 rF

where m = W/g is the aircraft mass; the gravitational force is FL, = mCT g’ = mCF1(00g)T; and

grav
the moment of inertia matrix is
7 Izm *Izy *Izz
I = | -1y, Iy, —I.
_sz _Izy Izz

For steady flight, o1/ = ¢FI/F = 0, and w¥!/F = R(004 )" is nonzero only in turns. For accelerated
flight, o*'//¥ can be nonzero, and w*!/¥ = R(06r ¢»)T. The equations of motion are thus

F | ~F . F F F
m(aac +Wacvac) = F + Fopay

Ghel whc =M"

The body axis load factoris n = (C*1g! — (ak{ + @4 vh-))/g. The aly term is absent for steady flight.
The forces and moments are the sum of loads from all components of the aircraft:

Ffus + E rotor § w1ng § tall + Ftank + E : engine E Jet E : charge
Mfus+§ : rotor E : wmg E tal tank+§ : englne E : Jet E : charge

Forces and moments in inertial axes are also of interest (F! = C!F' F¥ and M! = C'F M¥'). A particular
component can have more than one source of loads; for example, the rotor component produces hub
forces and moments, but also includes hub and pylon drag. The equations of motion are E; = F¥' +
Fl —FF i =0and E,, = MF — ML . =o0.

grav inertial — inertial —

The component power required Peop,p is evaluated for all components (rotors, motors, and com-
pressors) of the propulsion group. The total power required for the propulsion group P,,p¢ is obtained
by adding the transmission losses and accessory power. The power required for the propulsion group
must be distributed to the engine groups. The fuel flow is calculated from the engine power, jet thrust,
charger power, and equipment power required. The total fuel flow is the sum from all components of

the aircraft: w =Y Wreqrc + D Wreqic + Y Wreqe G + Weq-
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8-7 Aerodynamics

Each component has a position z*" in aircraft axes F, relative to the reference point; and orientation
of component axes B relative to aircraft axes given by the rotation matrix CB¥, It is expected that the
component axes are (roughly) x forward and ~ down (or in negative lift direction). The aerodynamic
model must be consistent with the convention for component orientation. Acting at the component
are interference velocities v[, (velocity of air, in F axes), from all other components. Then the total
component velocity relative to the air is

vF:v£C+&§CAzF— E vfm

where AzF = 2F — 2I'. Then v® = CPFo" is the velocity in component axes. The aerodynamic

environment is defined in the component axes: velocity magnitude v = |v?|,dynamic pressure ¢ = 1pv?,
angle of attack «, and sideslip angle 3. The angle of attack and sideslip angle provide the transformation
between airframe axes and velocity axes:

A
CPA=Y,Z 4

This is the conventional aircraft definition, corresponding to yaw-then-pitch of the airframe axes relative
to the velocity vector. By definition, the velocity is along the z-axis in the A axes, v®? = CP4(v00)7;
from which the angle of attack and sideslip in terms of the components of v¥ are obtained:

— 4on—1,B/ B
a =tan” vy /vy

B =sin"t ol /|vB|
This definition is not well behaved for v# = 0 (it gives o = 90sign(v¥)), so for sideward flight a
pitch-then-yaw definition can be useful: CB4 = Z_;Y,,. Then

a = sin"t vl /v

B =tan"1 o8 /P
which gives 8 = 90sign(vf) for v2 = 0.

The component aerodynamic model may include coefficient values for sideward flight, but not have
equations for a continuous variation of the coefficients with sideslip angle. For such cases, sideward
flight is defined as | 5] = 80 to 100 degrees.

From v, ¢, «, and 3, the aerodynamic model calculates the component force and moment, in wind
axes acting at 21"

—L M,

where D,Y ,and L are the drag, side force, and lift; M, , M,,, and M, are the roll, pitch, and yaw moments.
The aerodynamic loads in aircraft axes acting at the center of gravity are then:

FF — CFBCBAFA
MF = CFBOBANA ¢ AFFF

where Az" = 2¥ — z[. In hover and low speed, the download is calculated: F! = kT(C'FFF¥), the
downward component of the aerodynamic force in inertial axes. Download can be expressed as a fraction
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of the total rotor vertical force or as a fraction of gross weight. The aerodynamic model also calculates
the interference velocities caused by this component at all other components: v, = CtBy5

int int*

Equations for the aerodynamics models are defined for all angles in radians. Input values of angles
are, however, in degrees.

The aircraft neutral point is calculated from the airframe aerodynamics with all controls set to zero.
The neutral point is here defined as the longitudinal position about which the derivative of the pitch
moment with lift is zero. Hence SL,,, = SL., — AM /AL, with the change in lift and moment calculated
from the loads at angles of attack of 0 and 5 deg.

8-8 Compressible Aerodynamics

The aerodynamic coefficients of lifting surfaces (wing and empennage) can be corrected for com-
pressibility effects. Based on Prandtl-Glauert, the incompressible lift-curve slope is multiplied by the
factor

1

_— M < Mgy
_¢1—M2] ’

[ 1—-M

Maiy < M < Mgy + .1
F. = (I_Mdiv) 1—]\43iv
1—M M — Mgy — 1
+ d Mav+.1<M<1

(1— Ma)/1- M3, 1— Mgy — 1

1. M>1

Typically the lift-divergence Mach number Mg;, = 0.75, about 0.1 less than the drag-divergence Mach
number. A compressible drag increment is modeled following ref. 1 (fig. 6):

Cpe = Cpee (6.5902 42824 + 2870x8)

where © = (M /M., — 0.7) (with M /M., restricted to the range 0.7 to 1.1) and Cp,. = 0.0011 is the drag
increment at M = M... The critical Mach number depends on the lift coefficient:

Moy = Mgy — Mooy (0.03CL +0.1902 + 0.7802)

with typically M..o = 0.74, M..; = 0.31, and C}, restricted to the range O to 1.

8-9 Trailing-Edge Flaps

The lifting surfaces have controls in the form of trailing-edge flaps: flap, flaperon, and aileron for
wings; elevator or rudder for tails. The aerodynamic loads generated by flap deflection §; (radians) are
estimated based on two-dimensional aerodynamic data (as summarized in refs. 2 and 3). Let £y = ¢y /c
be the ratio of the flap chord to the wing chord. The lift coefficient is ¢, = c¢o(ov + T005), Where
n =2 0.85 — 0.436; is an empirical correction for viscous effects (ref. 2, eq. 3.54 and fig. 3.36). Thin
airfoil theory gives

Qf—sinéf LT n
:174%(* Ty )
T - 5111(2 7)

with 0y = cos™1(2¢; — 1) (ref. 2, eq. 3.56 and fig. 3.35; ref. 3, eq. 540). The last expression is an
approximation that is a good fit to the thin airfoil theory result for n = 1/, and a good approximation
including the effects of real flow for n = 2/ (ref. 3, fig. 5.18); the last expression with n = 2/; is used
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here. The increase of maximum lift coefficient caused by flap deflection is less than the increase in lift
coefficient, so the stall angle of attack is decreased. Approximately

AC@max ~

e, (1—£f) (14 €5 — 50% + 363)

(ref. 2, fig. 3.37). Thin airfoil theory gives the moment coefficient increment about the quarter chord:
Acy = =0.85 (1= ¢5)sin6y )y = 085 (1= £1)2/(1 = 1)y ) oy

(ref. 2,eq.3.57; ref. 3, eq. 5.41); with the factor of 0.85 accounting for real flow effects (ref. 3, fig. 5.19).
The drag increment is estimated using

Sy .
ACp = 0.9 4% gf sin? 6
for slotted flaps (ref. 2, eq. 3.51). In summary, the section load increments are:

C
AC@ = Cy ?f Lf?’]f(Sf
ACgmaX = Xf AC@
Acm = C—f Mf(Sf
C

The decrease in angle of attack for maximum lift is

A - A max A
Aoy = — 2C ~ Almax _ —(1- Xf)ﬂ
Coa Coa

The coefficients
ng = 0.85 — 0.43|0| = 10 — 11|6/|

1 LT 2/3
Ly= o (51n(§€f))
Xy=(1—t5) 1+ — 507+ 3(3)

1
My = =0.85 0 (1= £1)2,/ (1~ £1)¢)
ty
Dy =0.9/0%

follow from these equations.

For three-dimensional aerodynamic loads, these two-dimensional coefficients are corrected by
using the three-dimensional lift-curve slope, and multiplying by the ratio of flap span to wing span b /b.
Then the wing load increments caused by flap deflection, in terms of coefficients based on the wing area,
are:

Sy
ACL = ? CLaLfnf(Sng
p: ACLmax = X5 (ACL/Ky)K,
ACy = 2L MoK,

S Aamax = —(K@—Xfo)%/Kve
La
AC’D = % Df Sin2 5de

where Sy /S is the ratio of flap area to wing area, and factors K have been introduced to calibrate or
correct the loads.
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8-10 Flow Control

The wing or fuselage can have flow control, depending on a momentum coefficient C,, = mV;/qS,
where 1V} is the momentum flux, g is the free stream dynamic pressure, and S the reference area (wing
planform area or fuselage wetted area). The mass flux is 7 = p;V;Sq0t, from the jet density and velocity
and the slot area, hence C,, = 2(V;/V)?(Ssi0t/5). Aerodynamic load increments are produced by the
momentum flux, modelled as:

ACL = C’LQ(LHS\/CH + LMC,L + LHQCIZL) AC L max = X/LC’L'LL
ACyr = M,C,, Mo — (1 - x,) ACE
ACp = D,C, " CLa

To account for loss of effectiveness at high levels of blowing, these load increments are evaluated at
an effective momentum coefficient of C\eg = min(Cy, Cpiimit), using an input limit C\jimis. The direct
reaction force of the momentum flux is included in the lift and drag changes.

8-11 Drag

Each component can contribute drag to the aircraft. A fixed drag can be specified as a drag area
D/q; or the drag can be scaled, specified as a drag coefficient Cp based on an appropriate area S. There
may also be other ways to define a scaled drag value. For fixed drag, the coefficient is Cp = (D/q)/S
(the aerodynamic model is formulated in terms of drag coefficient). For scaled drag, the drag area
is D/q = SCp. For all components, the drag (D/q)comp OF Cpeomp 18 defined for forward flight or
cruise; typically this is the minimum drag value. For some components, the vertical drag ((D/q)v comp OF
Cpveomp) O sideward drag ((D/q) scomp OF Cpscomp) 18 defined. For some components, the aerodynamic
model includes drag due to lift, angle of attack, or stall.

Table 8-2 summarizes the component contributions to drag, and the corresponding reference areas.
If no reference area is indicated, then the input is only drag area D/q. An appropriate drag reference
area is defined for each component, and either input or calculated. Wetted area is calculated for each
component, even if it is not the reference area. The component wetted areas are summed to obtain the
aircraft wetted area. Some of the weight models also require the wetted area. The component drag
contributions must be consistent. In particular, a rotor with a spinner (such as on a tiltrotor aircraft)
would likely not have hub drag. The pylon is the rotor support and the nacelle is the engine support. The
drag model for a tiltrotor aircraft with tilting engines would use the pylon drag (and no nacelle drag),
since the pylon is connected to the rotor shaft axes; with non-tilting engines it would use the nacelle
drag as well.

Optionally the aircraft drag can be fixed. The quantity specified is the sum (over all components)
of the drag area D /q (minimum drag, excluding drag due to lift and angle of attack), without accounting
for interference effects on dynamic pressure. The input parameter can be D/q; or the drag can be scaled,
specified as a drag coefficient based on the rotor disk area, so D/q = A,tCp (Where A, is the reference
rotor disk area); or the drag can be estimated based on the gross weight, D/q = k(Wy10/1000)%/3
(where W0 is the maximum takeoff gross weight; units of k are ft?/k-1b*/3 or m?/Mg?/?). Based
on historical data, the drag coefficient Cp = 0.02 for old helicopters, Cp = 0.008 for current low-drag
helicopters. Based on historical data, k£ = 9 for old helicopters, k = 2.5 for current low-drag helicopters,
k = 1.6 for current tiltrotors, and k = 1.4 for turboprop aircraft (English units). If the aircraft drag is
input, then the fuselage contingency drag is adjusted so the total aircraft D/q equals the input value.
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Table 8-2. Component contributions to drag.

Aircraft

component

drag contribution

reference area

fuselage

fuselage

fuselage vertical

fittings and fixtures

rotor-body interference
contingency (aircraft)

payload increment (flight state)

fuselage wetted area
fuselage projected area
fuselage wetted area
fuselage wetted area

landing gear

landing gear

rotor disk area
duct wetted area
pylon wetted area
spinner wetted area

rotor hub, hub vertical
duct, duct vertical
pylon, pylon vertical
spinner

wing wing, wing vertical
wing-body interference

wing planform area
wing planform area

tail tail, tail vertical tail planform area

fuel tank auxiliary tank (flight state) —

engine nacelle, nacelle vertical nacelle wetted area
momentum drag —

jet nacelle, nacelle vertical nacelle wetted area
momentum drag —

nacelle, nacelle vertical nacelle wetted area
momentum drag —

charger

Optionally the aircraft vertical drag (download fraction) can be fixed. The quantity specified is
the sum over all components of the vertical drag area (D/q)y . The input parameter can be (D/q)y, or
k= (D/q)v /At (Where A, is reference rotor disk area). Approximating the dynamic pressure in the
wake as ¢ = 1hp(2v;,)? = T/Aret, the download fraction is DL/T = ¢(D/q)yv/T = k. If the aircraft
vertical drag is input, then the fuselage contingency vertical drag is adjusted so the total aircraft (D/q)v
equals the input value.

The nominal drag areas of the components and the aircraft are part of the aircraft description and
are used when the aircraft drag is fixed. The nominal drag area is calculated for low-speed helicopter
flight, for high-speed cruise flight, and for vertical flight. An incidence angle ¢ is specified for the
rotors, wings, and nacelles, to be used solely to calculate the nominal helicopter and vertical drag areas.
The convention is that i = 0 if the component does not tilt. Table 8-3 summarizes the contributions
to the nominal drag areas, with D for the drag in normal flow and Dy for the drag in vertical flow.
While vertical drag parameters are part of the aerodynamic model for the hub, duct, pylon, and nacelle,
aerodynamic interference at the rotor and at the propulsion components is not considered, so these terms
do not contribute to download. In the context of download, only the fuselage, wing, tail, and contingency
contribute to the nominal vertical drag.

From the input and the current aircraft size, the drag areas D/q and coefficients Cp are calculated.
The aerodynamic analysis is usually in terms of coefficients. If the aircraft drag is fixed for the aircraft
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model, then the fuselage contingency drag is set:

(D/q)cont = (D/q)ﬁxcd - Z(D/q)comp

and similarly for fixed vertical drag. Note that this adjustment ignores changes caused by interference
in the dynamic pressure and the velocity direction, which will affect the actual component drag.

The component aerodynamic model calculates the drag, typically from a drag coefficient Cp, a
reference area, and the air velocity of the component. The drag force is then D = > geompSrerCp, Where
the dynamic pressure gcomp includes interference. From the aerodynamic forces and moments in wind
axes, the total force and moment in body axes (F¥ and M) are calculated. For reference, the aircraft
total drag and total drag area are

Dac =) eiFL,
(D/q)ac = Dac/q

where the aircraft velocity (without interference) gives the direction e, = —vf{./|v]{~| and dynamic
pressure ¢ = lhp|vh | and FE  is the component aerodynamic force. An overall skin friction
drag coefficient is then Cp ac = (D/q) acwet/Sac, based on the aircraft wetted area Sac = > Swet
and excluding drag terms not associated with skin friction (specifically landing gear, rotor hub, and

contingency drag).

Table §8-3. Component contributions to nominal drag area.

component  drag contribution cruise helicopter vertical
fuselage fuselage D D Dy
fittings and fixtures D D D
rotor-body int D D D
landing gear landing gear D D 0
retractable 0 D 0
rotor hub D Dcos?i+ Dysin?i 0
duct D Dcos?i+ Dy sin?i 0
pylon D Dcos?i+ Dysin?i 0
spinner D D 0
wing wing D Dcos?i+ Dysin®?i  Dsin?i + Dy cos?i
wing-body int D D D
tail horizontal tail D D Dy cos? ¢
tail vertical tail D D Dy sin® ¢
engine nacelle D Dcos?i+ Dy sin?i 0
jet nacelle D Dcos?i+ Dysin?i 0
charger nacelle D Dcos?i+ Dysin®i 0
contingency D D Dy

The following performance metrics are calculated for the aircraft. The aircraft hover figure of merit
is M =W./W/2pA,et/P. The aircraft effective drag is D, = P/V, hence the effective lift-to-drag ratio

8-12 Performance Metrics
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is L/D. = WV/P. For these metrics, the aircraft power is the sum of the engine group power, jet group
propulsive power, and charge group power: P = P,.q + VTje; + Penrg. The aircraft power loading is
W/ P (Ib/hp or kg/kW). Isolated rotor performance metrics are described in Chapter 12.

8-13 Weights

The design gross weight Wp, is a principal parameter defining the aircraft, either input or determined
by the sizing task from designated design conditions and missions. Typically W, is the takeoff weight
for the primary design mission. The design gross weight is used by the analysis to calculate the rotor disk
loading and blade loading, wing loading, power loading, and thrust loading; to obtain aircraft moments
of inertia from the radii of gyration; for tolerance and perturbation scales of the solution procedures;
optionally to define structural design gross weight and maximum takeoff weight; and optionally to
specify the gross weight for missions and flight conditions.

The aircraft weight statement defines the empty weight, fixed useful load, and operating weight
for the design configuration. The aircraft weight statement is the sum of the weight statements for all
the aircraft components, the component weight determined by input or by parametric calculations with
technology factors. The definitions of the weight terms are as follows:

gross weight Wao=Wg+ Wy =Wo + Wpay + Whel
operating weight Wo =Wg +WryL
useful load Wuyr = Wrur + Wpay + Whael

where Wi is the weight empty; Wry, the fixed useful load; W, the payload weight; and W, the
usable fuel weight. Aircraft weight definitions are given in SAWE RP7D (ref. 4), including:

Payload is any item which is being transported and is directly related to the purpose
of the flight as opposed to items that are necessary for the flight operation. Payload
can include, but is not limited to, passengers, cargo, passenger baggage, ammo,
internal and external stores, and fuel which is to be delivered to another aircraft or
site. Payload may or may not be expended in flight.

Operating weight is the sum of aircraft weight empty and operating items. Operating
weight is equivalent to takeoff gross weight less usable fuel, payload, and any item
to be expended in flight.

Weight empty is an engineering term which is defined as the weight of the complete
aircraft as defined in the aircraft specifications, dry, clean, and empty except for
fluids in closed systems such as a hydraulic system.

The weight empty consists of structure, propulsion group, systems and equipment, vibration, and con-
tingency weights. The weight empty Wg can be calculated, or input, or scaled with design gross weight:
Wg = dwg + fweWp. Fixed or scaled weight empty is implemented by adjusting the contingency
weight so Wg equals the required value. If the design gross weight is input, then the payload or fuel
weight must be fallout.

The structural design gross weight Wsp and maximum takeoff weight Wy,ro can be input, or
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specified as an increment d plus a fraction f of a weight W:

dspew + fspawWp
Wsp =dspew + fspawW = { dspew + fspaw (Wb — Whuel + fruel Weuel—cap)
dspew + fspawWarro

dwyrro + fwmroWp
Wuro = dwyro + fwmroW = < dwarro + fwmro(Wp — Weiel + Wrnel—cap)
dwuro + fwmroWsp

This convention allows the weights to be input directly (f = 0), or scaled with a design weight. For
Wsp, W is the design gross weight Wp, or Wp adjusted for a specified fuel state (input fraction of fuel
capacity), or the maximum takeoff weight Wj,ro. Alternatively, Wsp can be calculated as the gross
weight at a designated sizing flight condition. The structural design gross weight is used in the weight
estimation. For Wy,ro, W is the design gross weight Wy, or Wp, adjusted for maximum fuel capacity,
or the structural design gross weight Wsp. Alternatively, Wy;ro can be calculated as the maximum
gross weight possible at a designated sizing flight condition. The maximum takeoff weight is used in
the cost model, in the scaled aircraft and hub drag, and in the weight estimation.

The design ultimate load factor n,,; at the structural design gross weight Wsp is specified, in
particular for use in the component weight estimates. The structural design gross weight Wsp and
design ultimate load factor n., are used for the fuselage, rotor, and wing weight estimations. The
maximum takeoff weight Wy,ro is used for the cost and drag (scaled aircraft and hub), and for the
weights (system, fuselage, landing gear, and engine group).

The gross weight Wy is specified for each flight condition and mission, perhaps in terms of the
design gross weight Wp,. For a each flight state, the fixed useful load may be different from the design
configuration because of changes in auxiliary fuel tank weight, or kit weights, or increments in crew or
equipment weights. Thus the fixed useful load weight is calculated for the flight state; and from it the
useful load weight and operating weight are calculated. The gross weight, payload weight, and usable
fuel weight (in standard and auxiliary tanks) complete the weight information for the flight state.

For each weight group, fixed (input) weights can be specified; or weight increments dW added to
the results of the parametric weight model. The parametric weight model includes technology factors
x. Thus typically a component or element weight is obtained from W = xWi0qe1 + dW. Weight of
individual elements in a group can be fixed by using dW and setting the corresponding technology factor
x = 0. With x # 0, the increment dWW can account for something not included in the parametric model.

For scaled weights of all components, the AFDD weight models are implemented. The user can
incorporate custom weight models as well.

The operating weight is composed of scaled and fixed weights, so the design gross weight can be
written Wp = Wo + Woay + Wiwel = Wosixed + Woscaled + Wpay + Wiuel. The growth factor is the change
in gross weight due to a change in payload:

8WD — 14 aWOscaled awfuel — 1+ 8WOSCaled 8quel aVVD
Wy MWpay | OWpay aWp Wp ) OWpay
Woscale Whue ow 1
~ 14 ( Oscaled + fi 1) D _
WD WD avaay 1- ¢Oscaled - ¢fuel

in terms of the weight fractions ¢ = W/Wp,.
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The aircraft operating weight can be divided into core vehicle weight and military load. The core
vehicle weight is the weight in minimum airworthy state, with the aircraft capable of normal flight
throughout the envelope, but not mission capable. Military load is the sum of fixed useful load and
military features in weight empty. Thus

weight empty = core vehicle weight + military features
military load = fixed useful load + military features in weight empty

operating weight = Wg + Wgy, = core vehicle weight + military load

In terms of the weight breakdown used here, military features in weight empty consist of folding weight
(wing, rotor, tail, fuselage terms), crashworthiness weight (fuselage, landing gear terms), marinization
weight (fuselage), rotor brake (drive system), avionics group (mission equipment), armament group,
furnishings and equipment group, anti-icing group (including electrical group term), and load and
handling group.

8-14 Weight Statement

Aircraft weight information is stored in a data structure that follows SAWE RP8A Group Weight
Statement format (ref. 5), as outlined in figure 8-3. The asterisks designate extensions of RP8A for
the purposes of this analysis. Typically only the lowest elements of the hierarchy are specified; higher
elements are obtained by summation. Fixed (input) weight elements are identified in the data structure.
A weight statement data structure exists for each component. The aircraft weight statement is the sum
of the structures from all components.
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WEIGHT EMPTY
STRUCTURE
wing group
basic structure
secondary structure
fairings (¥*), fittings (*), fold/tilt (*)
control surfaces
rotor group
blade assembly
hub & hinge
basic (*), fairing/spinner (¥), blade fold (*), shaft (*)
rotor support structure (*), duct (*)
empennage group
horizontal tail (*)
basic (*), fold (¥)
vertical tail (*)
basic (*), fold (*)
tail rotor (*)
blades, hub & hinge, rotor supports, rotor/fan duct
fuselage group
basic (*)
wing & rotor fold/retraction (*)
tail fold/tilt (*)
marinization (*)
pressurization (*)
crashworthiness (¥)
alighting gear group
basic (*), retraction (*), crashworthiness (*)
engine section or nacelle group
engine support (*), engine cowling (*), pylon support (*)
air induction group
PROPULSION GROUP
engine system
engine
exhaust system
accessories (*)
propeller/fan installation
blades (*), hub & hinge (*), rotor supports (*), rotor/fan duct (*)
fuel system
tanks and support
plumbing
drive system
gear boxes
transmission drive
rotor shaft
rotor brake (*)
clutch (*)
gas drive

Figure 8-3a. Weight statement (* indicates extension of RP8A).
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SYSTEMS AND EQUIPMENT

flight controls group
cockpit controls
automatic flight control system
system controls
fixed wing systems
non-boosted (*), boost mechanisms (*)
rotary wing systems

non-boosted (*), boost mechanisms (*), boosted (*)

conversion systems
non-boosted (*), boost mechanisms (*)

auxiliary power group
instruments group
hydraulic group

fixed wing (¥), rotary wing (*), conversion (*)

equipment (*)
pneumatic group
electrical group

aircraft (*), anti-icing (*)
avionics group (mission equipment)
armament group

armament provisions (*), armor (*)
furnishings & equipment group
environmental control group
anti-icing group
load & handling group

VIBRATION (¥)
CONTINGENCY
FIXED USEFUL LOAD

fluids (oil, unusable fuel) (*)
auxiliary fuel tanks
other fixed useful load (*)
equipment increment (*)
folding kit (*)
wing extension kit (*)
wing kit (¥)
other kit (*)

PAYLOAD

USABLE FUEL
standard tanks (*)
auxiliary tanks (*)

OPERATING WEIGHT = weight empty + fixed useful load
USEFUL LOAD = fixed useful load + payload + usable fuel

GROSS WEIGHT = weight empty + useful load
GROSS WEIGHT = operating weight + payload + usable fuel

Figure 8-3b. Weight statement (* indicates extension of RP§A).

Aircraft



Chapter 9

Systems

The systems component contains weight information (fixed useful load, vibration, contingency,
and systems and equipment).

9-1 Weights

The weight empty consists of structure, propulsion group, systems and equipment, vibration, and
contingency weights. The vibration control weight can be input, or specified as a fraction of weight
empty: Wy, = fvinWg. The contingency weight can be input, or specified as a fraction of weight empty:
Weont = feont Wr. However, if the weight empty is input, then the contingency weight is adjusted so
W equals the required value. The weights of all components are evaluated and summed, producing the
aircraft weight empty less vibration and contingency weight, W . Then:

a) Fixed or scaled weight empty: W, input or Wi, = foisWe, Weons = Wi —
(WX + inb)-

b) Both fractional: Wr = Wx /(1 — fuib — feont)s Weib = fuinWes Weont = feont WE.
¢) Only vibration weight fractional: Woy, input, Wy = (Wx + Weont)/(1 = fuib),
Weib = frinWEg.

d) Only contingency weight fractional: W, input, Wg = (Wx + Weyin) /(1 — feont)»
Weont = fcontWE-

e) Both input: W, and Weeye input, Wg = Wx + Wi, + Weont -

Finally, the operating weight Wo = Wg + Wpry is recalculated.

Systems and equipment includes the following fixed (input) weights: auxiliary power group, in-
struments group, pneumatic group, electrical group (aircraft), avionics group (mission equipment),
armament group (armor and armament provisions), furnishings and equipment group, environmental
control group, and load and handling group. Systems and equipment includes the following scaled
weights: flight controls group, hydraulic group, electrical group (anti-icing), and anti-icing group.

Flight controls group includes the following fixed (input) weights: cockpit controls and automatic
flight control system. Flight controls group includes the following scaled weights: fixed wing systems,
rotary wing systems, and conversion or thrust vectoring systems. Rotary wing flight control weights can
be calculated for the entire aircraft (using rotor parameters such as chord and tip speed for a designated
rotor), an approach that is consistent with parametric weight equations developed for conventional two-
rotor configurations. Alternatively, rotary wing flight control weights can be calculated separately for
each rotor and then summed. The fixed wing flight controls and the conversion controls can be absent.

The fixed useful load Wy, consists of crew (Weyew), trapped fluids (oil and unusable fuel, Wi.,p,),
auxiliary fuel tanks (Wauxtank), €quipment increment, kits (folding, wing, wing extension, other), and
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other fixed useful load (Wry Lother). Werew s Wirap»> ad Wry Lother are input. For a each flight state, the
fixed useful load may be different from the design configuration because of changes in auxiliary fuel
tank weight, kit weight, and crew or equpment weight increments.

Folding weights can be calculated in several weight groups, including wing, rotor, empennage, and
fuselage. These weights are the total weights for folding and the impact of folding on the group. A
fraction f,1qxit Of these weights can be in a kit, hence optionally removable. Thus, of the total folding
weight, the fraction fr,qxi¢ iS @ kit weight in the fixed useful load of the weight statement, while the
remainder is kept in the component group weight.

9-2 Detailed Weight Definition

Figure 9-1 presents a more detailed description of the weights for the systems and equipment, and
the useful load. The input information for a group can be just the total weight (AW in the following
equations), or can include all the terms.

The electrical group consists of power supply, power conversion, power distribution and controls,
lights and signal devices, and equipment supports; plus a term associated with the anti-icing group. The
total weight is

Welectrical = Welect aircraft + WDIelect
Welect aircraft — Wsupply + Wconv + Wdistrib + VVlights + Wsupport + AVVelectrical

The avionics group consists of equipment and installation; here the equipment weights include installa-
tion. The equipment items are communications, navigation, identification, control and display, aircraft
survivability, and mission system equipment; plus armament electronics. The total weight is

WMEQ = Wcom + Wnav + Wident + Wdisplay + Wsurvive + Wmission + AI/VMEQ + Warm elect

The armament group consists of armament provisions (gun provisions, turret systems, expendable
weapons provisions) and armor. Armament electronics weight W, elect (Such as targeting, sights,
radar) is part of the avionics group.

Warm prov — Wgun + Wturret + Wexpend + AVVarm prov

Warmor = Varmor ﬁoorscabin floor + Uarmor wallscabin wall Uarmor crchcrcw seat T AI/Varmor

Here Uarmor floors Uarmor wan are the armor weights per surface area; Scabin fioor ad Scapin wan are the
cabin floor and wall areas; Uarmor crew 18 the armor weight per crew; and Nejew seat 1S number of crew
seats.

The furnishings and equipment group consists of accommodation for personnel, miscellaneous
equipment, furnishings, and emergency equipment. Accommodation for personnel consists of seats,
miscellaneous accommodation (including galleys, toilets), and the oxygen system. Miscellaneous equip-
ment includes cockpit displays. Furnishings includes floor covering, trim, partitions, crash padding, and
acoustic and thermal insulation; but excludes vibration absorbers. Emergency equipment consists of fire
detection and extinguishing, and other emergency equipment (including first aid, survival kit, and life
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raft). The total weight is

qurnish = Waccom + Wmisc + qurn + Wemerg + A‘/I/vﬁurnish

Waccom = (Uscat crew 1 Uaccom crew 1 on crcw)Ncrcw seat
+ (Useat pass + Uaccom pass + on pass)Npass seat

qurn = Wtrim + UinsulationScabin

Wemerg = Ware + Wother

Here U,, crew, Unz pass are the weights per crew and passenger; Nerew seats Npass seat are the number of
crew and passenger seats; Uinsulation 15 the acoustic and thermal insulation weight per area; and Sc,p;, 1S
the total cabin surface area. The load and handling group consists of aircraft handling and load handling
(cargo handling, hoist, external load provisions). The total weight is

Wicad = Waircratt + Wcargo + AI/Vload

Wcargo = Uhandlingscabin floor 1 Whoist + cht prov

Here Unandiing 18 the cargo handling weight per cabin floor area, and Scabin ficor 1S the cabin floor area.

The crew weight is
Wcrew = Ucrechrew + AVVCrew

Here Ueew is the weight per crew, and N, is the number of crew. A crew weight increment for a
flight condition or mission is given by § Neyew and 6We,e. Other fixed useful load consists of various
categories, such as baggage, gun installations, weapons provisions, aircraft survivability equipment
(chaff, flares), survival kits, life rafts, and oxygen.

An equipment increment can be defined for a flight condition or mission, in terms of § Nerew seat
5Npass seat » and 5Wequip:

Wequip inc = Ucrew seat inc 5Ncrew seat 1 Upass seat inc 6Npass seat T 5Wequip
The default weights per crew and passenger seats are Ucrew seat inc = Useat crew + Uaccom crew + Uox crew +
Uarmor crew and Upass seat inc — Useat pass + Uaccom pass + on pass*

The payload consists of passengers or troops, cargo (internal and external), ammunition, and
weapons:

Wpayload = Upasszass + Wcargo + Wext load + Wammo + Wweapons + AI/Vpayload

Here U, 1s the weight per passenger, and IV, is the number of passengers. A payload increment is
defined by AWpay10aa. For fallout payload, the value of AW ,ay10a4 1S adjusted.
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WEIGHT EMPTY
SYSTEMS AND EQUIPMENT
electrical group
aircraft
power supply
power conversion
power distribution and controls
lights and signal devices
equipment supports
anti-icing
avionics group (mission equipment)
equipment
installation
armament group
armament provisions
armor
furnishings & equipment group
accommodation for personnel
seats
miscellaneous accommodation
oxygen system
miscellaneous equipment
furnishings
emergency equipment
fire detection and extinguishing
other emergency equipment
load & handling group
aircraft handling
load handling
USEFUL LOAD
FIXED USEFUL LOAD
crew
other fixed useful load
various categories
equipment increment
PAYLOAD
passengers/troops
cargo
ammunition
weapons

Figure 9-1. Details of weight descriptions (based on RP8A).

Systems



Chapter 10

Fuselage

There is one fuselage component for the aircraft.

10-1 Geometry

The fuselage length ¢, can be input or calculated. The calculated length depends on the longitudinal
positions of all components. Let x,,x and z,;, be the maximum (forward) and minimum (aft) position
of all rotors, wings, and tails. Then the calculated fuselage length is

Efus - gnose + (xmax - xmin) + Eaft

The nose length ¢, (distance forward of hub) and aft length ¢, (distance aft of hub) are input, or
calculated as lyose = frosel and lape = fapeL. Typically f.x = 0 or negative for the main-rotor and
tail-rotor configuration, and f, = 0.75 for the coaxial configuration. The fuselage width wy,s is input.
The reference length L is the rotor radius or wing span of a designated component, or the input fuselage
length.

The fuselage wetted area Sy, (reference area for drag coefficients) and projected area Sp,o; (ref-
erence area for vertical drag) are input (excluding or including the tail boom terms); or calculated from
the nose length:

Swet = fwet (2lnosePtus + 2lnoseWius + 2RfusWius) + Choom L

Sproj = fproj (Enosewfus) + Whoom L

using input fuselage height A, and factors fyer and fp.o5; or calculated from the fuselage length:

Swet = fwet (2£fushfus + 2£fuswfus + 2hfuswfus) + CboomL

Sproj = fproj (gfuswfus) + wboomL
Using the nose length and the tail boom area is probably best for a single-main-rotor and tail-rotor
helicopter. Here Cl,om iS the effective tail boom circumference (boom wetted area divided by reference

length), and wpoom is the effective tail boom width (boom vertical area divided by reference length).
Alternatively, the wetted area and projected area can be estimated based on the gross weight:

Syet = kwet (Wp/1000)/3
Sproj = kproj(Wp/1000)%/3
where W is the design gross weight; units of k are ft?>/k-1b%/3 or m?/Mg?/3.

Cabin areas are required for weight estimates: total cabin surface area Sc.pin for acoustic and
thermal insulation weight (furnishings and equipment group); cabin floor area S;apin fioor fOr armor and
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cargo handling weights; and cabin wall area Sc,pin wan for armor weight. These areas are input, or
calculated from the fuselage dimensions:

Scabin = fcabin (2€fushfus + 2£fuswfus)
Seabin floor = ffoor (éfuswfus)
Scabin wall = fwall (2£fushfus)

with typically f =2 0.6.

The fuselage contribution to the aircraft operating length is z¢,s + frofftus (forward) and zg,s — (1 —
fref ) lrus (aft). Here fof is the position of the fuselage aerodynamic reference location aft of the nose, as
a fraction of the fuselage length. If the fuselage length is input, then f,.f is input; if the fuselage length
is calculated, then fief = (max + fnose — Ttus)/Lrus-

10-2 Control and Loads

The fuselage has a position 2", where the aerodynamic forces act; and the component axes are
aligned with the aircraft axes, CBF = I.

Optionally the fuselage can have flow control. The momentum coefficient C), is a control, allowing
it to be connected to an aircraft control and thus set (or trimmed) for each flight state.

10-3 Aerodynamics

The aerodynamic velocity of the fuselage relative to the air, including interference, is calculated in
component axes, vZ. The angle of attack ay,s, sideslip angle 3, (hence C4), and dynamic pressure ¢
are calculated from vZ. The reference area for the fuselage forward flight drag is the fuselage wetted area
Swet, Which is input or calculated as described previously. The reference area for the fuselage vertical
drag is the fuselage projected area Sp..;, Which is input or calculated as described previously.

The momentum coefficient C,, = iV} /¢S is a control of the fuselage, where mV; is the momentum
flux, ¢ is the free stream dynamic pressure, and S the wetted area. The momentum flux (gross force)
required is supplied by the compressor or jet: Fgr.q = mV; = ¢SC,. The engine group or jet group
performance includes the efficiency of the flow control ducts and nozzle. The compressor model
also gives the engine group power required to produce Fg,e, (Summed over all components with flow
control). From the momentum coefficient, the increments of lift coefficient, maximum lift angle, moment
coefficient, and drag coefficient are evaluated: ACy,,, Aamaxy, ACwn,, ACp,,.

10-3.1 Drag

The drag area or drag coefficient is defined for forward flight, vertical flight, and sideward flight.
In addition, the forward flight drag area or drag coefficient is defined for fixtures and fittings, and for
rotor-body interference. The effective angle of attack is o = afys — @pmin, Where apmin 18 the angle
of minimum drag; in reverse flow (|a.| > 90), ae < . — 180signa.. For angles of attack less than a
transition angle «., the drag coefficient equals the forward flight (minimum) drag Cpo, plus an angle of
attack term and the flow control increment. Thus if |a.| < oy

Cp = Cpo (1 + Kglae| ) + ACp,,
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and otherwise
Cp: = Cpo (1 + Kd‘Oét|Xd) + ACDM

Cp=Cps+ (% Cpv _CDt) sin (z |ae|—_at>

wet 2 7T/2—()ét

and similarly for the transition of payload drag (D/q)pay and contingency drag (D/q)cont. Optionally
there might be no angle-of-attack variation at low angles (K; = 0), or quadratic variation (X, = 2). With
an input transition angle, there will be a jump in the slope of the drag coefficient at ;. For a smooth
transition, the transition angle that matches slopes as well as coefficients is found by solving

=0

<2Xd 1> Xt~ XgaXe 1 4 (Sproj/Swet)Cpv — Cpo — ACpp

T KqiCpo

This calculation of the transition angle is only implemented with quadratic variation, for which

bl (1 N \/1  (Speer/Swet) Oy — O ACDH>
a

KqiCpo

with a = (4/7) — 1; oy is however required to be between 15 and 45 deg. For sideward flight (vZ = 0) the
drag is obtained using ¢, = tan~!(—vZ /v[?) to interpolate between sideward and vertical coefficients:

Soroi .
Cp = Cpgcos® ¢, + Spwj Cpy sin® ¢,
wet

Then the drag force is

D = qSyet (CD +Cpse + Y CDrb) + Q((D/Q)pay + (D/Q)cont)

including drag coefficient for fixtures and fittings Cps: and rotor-body interference Cp,, (summed over
all rotors); drag area of the payload (specified for flight state); and contingency drag area.

10-3.2 Lift and Pitch Moment

The fuselage lift and pitch moment are defined in fixed form (L/q and M/q), or scaled form (Cy,
and C), based on the fuselage wetted area and fuselage length). The effective angle of attack is
Qe = Qs — Qiz1, Where «; is the angle of zero lift; in reverse flow (|a.| > 90), @ «— . — 180signe,. Let
Amax = max + Aamax,, be the angle-of-attack increment (above or below zero lift angle) for maximum
lift, including the change from flow control. If |a.| < Apax

Cr = Craae + ACL,
Cy = Cro + Cyate + AC,

and otherwise

B . ’/T/2 - |ae|
Cr = CraAmaxsignae <7T/2 - |Amax|)

B . 7T/2 - |ae|
Cur = (Cro + Chra Amaxsignae) (W)

for zero lift and moment at 90 deg angle of attack. In sideward flight, these coefficients are zero. Then
L = ¢SwetCr, and M = qSyetlrusCar are the lift and pitch moment.
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10-3.3 Side Force and Yaw Moment

The fuselage side force and yaw moment are defined in fixed form (Y/q and N/q), or scaled form
(Cy and Cy, based on the fuselage wetted area and fuselage length). The effective sideslip angle is
Be = Prus — B2y, Where 3., is the angle of zero side force; in reverse flow (|5.| > 90), 8. < [, —180signg,.
Let Bmax be the sideslip angle increment (above or below zero side force angle) for maximum side force.

If ‘ﬂe‘ S ﬁmax
Cy = Cygfe

Cn = Cno+ CngPe

and otherwise

Cy = CyPmaxsignfe ( /2 — || )

7/2 = |Brmax|
77/2 — ‘ﬂe' )
77/2 - |ﬂmax|
for zero side force and yaw moment at 90 deg sideslip angle. Then Y = ¢Syt Cy and N = ¢SyetlrusCn
are the side force and yaw moment. The roll moment is zero.

Cn = (Cno + CngPBmaxsignfe) (

104 Weights

The fuselage group consists of the basic structure; wing and rotor fold/retraction; tail fold/tilt; and
marinization, pressurization, and crashworthiness structure.
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Landing Gear

There is one landing gear component for the aircraft. The landing gear can be located on the body
or on the wing. The landing gear can be fixed or retractable; a gear retraction speed is specified (CAS),
or the landing gear state can be specified in the flight state.

11-1 Geometry

The landing gear has a position 2%, where the aerodynamic forces act. The component axes are
aligned with the aircraft axes, CB¥ = I. The landing gear has no control variables. The height of the
bottom of the landing gear above ground level, iy, is specified in the flight state. The landing gear
position z*" is a distance drg above the bottom of the gear.

11-1.1 Drag

The drag area is specified for landing gear extended, (D/q)rc. The velocity relative to the air at
2F gives the drag direction ey = —v¥' /|v¥| and dynamic pressure ¢ = 1/p|vf'|? (no interference). Then

FF =eqq(D/q)Lc
is the total drag force.

11-2  Weights

The alighting gear group consists of basic structure, retraction, and crashworthiness structure.
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Chapter 12

Rotor

The aircraft can have one or more rotors, or no rotors. In addition to main-rotors, the rotor component
can model tail-rotors, propellers, proprotors, ducted fans, thrust vectoring rotors, and auxiliary-thrust
rotors. The principal configuration designation (main-rotor, tail-rotor, or propeller) is identified for
each rotor component, and in particular determines where the weights are put in the weight statement
(summarized in table 12-1). Each configuration can possibly have a separate performance or weight
model, which is separately specified. Antitorque rotors and auxiliary-thrust rotors can be identified, for
special sizing options. Other configuration features are variable diameter and ducted fan, and reaction
drive. Optionally the rotor can stoppable, hence for each flight state operated stopped, stopped and
stowed, or stopped as wing.

Table 12-1. Principal configuration designation.

configuration weight statement weight model performance model
main-rotor rotor group rotor rotor
tail-rotor empennage group tail-rotor rotor
propeller propulsion group rotor, aux thrust rotor

Multi-rotor systems (such as coaxial or tandem configuration) are modeled as a set of separate rotors,
in order to accommodate the description of the position, orientation, controls, and loads. Optionally
the location of the center of the rotor system can be specified and the rotor locations calculated based
on input separation parameters. The performance calculation for twin and multiple rotor systems can
include the mutual influence of the induced velocity on the power.

The main-rotor size is defined by the radius R or disk loading W/A, thrust-weighted solidity o,
hover tip speed Vi, and blade loading Cyw /o = W/pAV;,0. With more than one main-rotor, the disk
loading and blade loading are obtained from an input fraction of design gross weight, W = fy Wp. The
air density p for Cyy /o is obtained from a specified takeoff condition. If the rotor radius is fixed for
the sizing task, three of (R or W/A), Cw /o, Viip, and o are input, and the other parameters are derived.
Optionally the radius can be calculated from a specified ratio to the radius of another rotor. If the sizing
task determines the rotor radius (R and W/A), then two of Cy /o, Vi;p, and o are input, and the other
parameter is derived. The radius can be sized for just a subset of the rotors, with fixed radius for the

others.

For antitorque and auxiliary-thrust rotors, three of (R or W/A), Cw /o, Viip, and o are input, and
the other parameters are derived. Optionally the radius can be calculated from a specified ratio to the
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Figure 12-1. Tail-rotor radius scaling.

radius of another rotor. The disk loading and blade loading are based on fT', where f is an input factor
and T is the maximum thrust from designated design conditions. Optionally the tail-rotor radius can be
scaled with the main-rotor radius: R = fR,,(0.1348 + 0.0071W/A), where f is an input factor and the
units of disk loading W/A are Ib/ft?. Figure 12-1 shows the basis for this scaling.

12-1 Drive System

The drive system defines gear ratios for all the components it connects. The gear ratio is the ratio
of the component rotational speed to that of the primary rotor. There is one primary rotor per propulsion
group (for which the reference tip speed is specified); other components are dependent (for which a gear
ratio is specified). There can be more than one drive system state, in order to model a multiple-speed or
variable-speed transmission. Each drive system state corresponds to a set of gear ratios.

For the primary rotor, a reference tip speed Vii,_er is defined for each drive system state. By
convention, the “hover tip speed” refers to the reference tip speed for drive state #1. If the sizing
task changes the hover tip speed, then the ratios of the reference tip speeds at different engine states
are kept constant. By convention, the gear ratio of the primary rotor is » = 1. For dependent rotors,
either the gear ratio is specified (for each drive system state) or a tip speed is specified and the gear
ratio is calculated (r = Qdep/Qprim» @ = Viip—rer/R). For the engine group, either the gear ratio is
specified (for each drive system state) or the gear ratio is calculated from the specification engine
turbine speed Qgpec = (27/60) Ngpee and the reference tip speed of the primary rotor (r = Qgpec/Qprim
Qprim = Viip—ref/R). The latter option means the specification engine turbine speed Nype. corresponds
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to Viip—rer for all drive system states. To determine the gear ratios, the reference tip speed and radius are
used, corresponding to hover.

The flight state specifies the tip speed of the primary rotor and the drive system state, for each
propulsion group. The drive system state defines the gear ratio for dependent rotors and the engine
groups. From the rotor radius, the rotational speed of the primary rotor is obtained (Qpyim = Viip/R);
from the gear ratios, the rotational speed of dependent rotors (Qqep, = 7,rim) and the engine groups
(N = (60/27)7engQprim) are obtained; and from the rotor radius, the tip speed of the dependent rotor
(Viip = QaepR) is obtained. The flight state specification of the tip speed can be an input value, the
reference tip speed, a function of flight speed or a conversion schedule, or one of several default values.
These relationships between tip speed and rotational speed use the actual radius of the rotors in the flight
state, which for a variable-diameter rotor may not be the same as the reference, hover radius.

A designated drive system state can have a variable speed (variable gear ratio) transmission, by
introducing a factor fse., On the gear ratio when the speeds of the dependent rotors and engines are
evaluated. The factor fye., is a component control, which can be connected to an aircraft control and
thus set for each flight state.

An optional conversion schedule is defined in terms of two speeds: hover and helicopter mode for
speeds below Vinever, cruise mode for speeds above Vieruise, and conversion mode for speeds between
Vehover and Vioeruise- The tip speed is Viip—nover 1 helicopter and conversion mode, and Viip—cruise 10
airplane mode. Drive system states are defined for helicopter, cruise, and conversion mode flight. The
flight state specifies the nacelle tilt angle, tip speeds, control state, and drive system state, including the
option to obtain any or all of these quantities from the conversion schedule.

Several default values of the tip speed are defined for use by the flight state, including cruise,
maneuver, one-engine inoperative, drive system limit conditions, and a function of flight speed (piecewise
linear input). Optionally these default values can be input as a fraction of the hover tip speed. Optionally
the tip speed can be calculated from p = V/Vjip,, s0 Viip = V/p; or from My, = Myip+/(1 4 )2 + p2, so
Viip = v/ (csMqt)? — V2 — V. Optionally the tip speed can be the minimum of the input value or that for
Mg, .

The sizing task might change the hover tip speed (reference tip speed for drive system state #1),
the reference tip speed of a dependent rotor, a rotor radius, or the specification engine turbine speed
Nspec. In such cases the gear ratios and other parameters are recalculated. Note that it is not consistent
to change the reference tip speed of a dependent rotor if the gear ratio is a fixed input.

An increment on the primary rotor rotational speed (or primary engine group, if there are no rotors)
is a control variable of the propulsion group.

12-2 Geometry

The rotor rotation direction is described by the parameter r: » = 1 for counter-clockwise rotation
and r = —1 for clockwise rotation (as viewed from the positive thrust side of the rotor).

The rotor solidity and blade mean chord are related by o = N¢/7R; usually thrust-weighted values
are used, but geometric values are also required by the analysis. The geometric mean chord is the
average of the chord over the rotor blade span r, from root cutout r. to tip: ¢, = [ ¢dr/ [ dr. The thrust-
weighted chord is the average of the chord over the rotor blade span, from root cutout to tip, weighted by
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r?: ¢ = [er?dr/ [ r?dr. The ratio of thrust-weighted and geometric chords is f = ¢;/c, = 01/0, (equal
to f = c75r/cs0r for linear taper and no root cutout). The blade chord distribution can be specified
in terms of f = ¢;/cy; linear taper ¢; or a general chord distribution ¢(r) = creré(r), Where cyer is the
thrust-weighted chord ¢,. The thrust-weighted solidity o is a design parameter. The geometric solidity
is evaluated from o, = o,/ f as required. The chord distribution é(r) is used in the blade element theory
evaluation of the rotor flapping and forces.

The linear taper ratio is ¢ = ¢; /¢y, where ¢; is the tip chord and ¢y is the chord extrapolated to the
center of rotation (r = 0); so the chord is ¢ = ¢yp(1 — (1 — t)r). It follows that

o 1-ja(l-1t)
g 1—ib(1-1)
wherea = (1—r2)/(1—r2) = 1+73/(1+7r.+7?) and b = 1+r.; which can be inverted for the (equivalent

linear) taper from f
f(4—2b)— 4+ 3a

3a—2fb
Given the taper ¢, f is evaluated and é(r) = 1 4 (r — 0.75) 41(1_31) . Given the chord ratio f, the equivalent
taper ¢ is evaluated and é(r) = 1 + (r — 0.75) 41(3:31) . Given the chord distribution é(r), integration gives

g, ¢, and f = ¢;/cy, and the equivalent taper ¢ is evaluated.

The rotor hub is at position z{ . Optionally, a component of the position can be calculated,
superseding the location input. The calculated geometry depends on the configuration. For a coaxial
rotor, the rotor separation is s = [kTCSF (2 — zF . .)/(2R)| (fraction rotor diameter), or the hub
locations are calculated from the input separation s, and the input location midway between the hubs:

0
F _ _F FS
Zhub = Zcenter +C 0
sR

For a tandem rotor, the rotor longitudinal overlap is o = A¢/(2R) = 1 — ¢/(2R) (fraction rotor diameter),
or the hub locations are calculated from the input overlap o, and the input location midway between the
hubs:

Thub = Tcenter L R(l - O)

For a tail-rotor, the longitudinal position can be calculated from the main-rotor radius R, tail-rotor radius
R;,, and tail-rotor/main-rotor clearance d;,.:

Thubtr = Lhubmr — (Rmr + dtr + Rtr)

For a multicopter, the longitudinal and lateral position can be calculated from the rotor radius R, the
scaled arm length ¢; of the i-th rotor, and the angle 1; (measured clockwise from the forward longitudinal
axis):

Thub = Tcenter T REZ COS wi

Yhub = Yeenter + 124; sin1p;

For a tiltrotor, the lateral position can be calculated from the rotor radius R (cruise value for variable-
diameter rotor), fuselage/rotor clearance dy,s, and fuselage width wgys:

Yhub = & (fR + dps + 1/2wfus)
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with the pivot, pylon, and nacelle center-of-gravity lateral positions adjusted to keep the same relative
position to the hub. The calculated clearance between the rotor and fuselage is deus = |ynub| — (R+ Yowsus) -
Alternatively, for a tiltrotor the lateral position can be calculated from the wing span, yn,, = +b/2, so
the rotors are at the wing tips, or from a designated wing panel edge, ynu, = £7,(b/2).

For twin rotors (tandem, side-by-side, or coaxial), the overlap is o = A¢/(2R) = 1 — ¢/(2R)
(fraction of diameter; 0 for no overlap and 1 for coaxial), where the hub-to-hub separation is ¢ =
[(Thub1 — Thub2)? + (Ynub1 — Ynub2)?]/? (£ = 2R for no overlap and ¢ = 0 for coaxial). The overlap area
is mA, with A the area of one rotor disk and

3
Il
2

cos™(£/2R) — (¢/2R)\/1 - (/2R

The vertical separation is s = |zpub1 — Zhub2|/(2R).

The reference areas for the component drag coefficients are the rotor disk area A = 7R? (for hub
drag), pylon wetted area Sp,yion, duct wetted area 2.5q,., and spinner wetted area S, . The pylon wetted
area is input, or calculated from the drive system (gear box and rotor shaft) weight, or from the drive
system plus engine system (engine, exhaust, and accessories) weight:

Spylon = k(w/Nrotor)Q/g
where w = W, OF w = Wy, + > W and the units of k are ft?/1b/® or m?/kg?/3. The pylon area
is included in the aircraft wetted area if the pylon drag coefficient is nonzero. The duct wetted area is
twice the duct area Sq,.;. The duct area is input, or calculated from the rotor circumference and the duct
length 4yt = kR:

Sduct = (27TR)€duct

The spinner wetted area is input, or calculated from the spinner frontal area:

Sepin = k(TRZ;.)

spin
where R, is the spinner radius, which is specified as a fraction of the rotor radius.

The rotor contribution to the aircraft operating length and width is calculated from the locus of
the rotor disk: zgisk = znup + RCT(cos siny 0)T. The longitudinal distance from the hub position is
Az = R(acosv + bsint)), so the maximum distance is Az = +R+/a? + b2. The lateral distance from the
hub position is Ay = R(ccos + dsin1)), so the maximum distance is Ay = +Rv/c2 + d2.

12-3 Control and Loads

The rotor controls consist of collective, lateral cyclic, longitudinal cyclic, and perhaps shaft inci-
dence (tilt) and cant angles. Rotor cyclic control can be defined in terms of tip-path plane or no-feathering
plane command. The collective control variable is the rotor thrust amplitude or the collective pitch angle.

The relationship between tip-path plane tilt and hub moment is M = § 71,0212 — 1)3 = Kpu,0,
where N is the number of blades, (2 the rotor speed, and v the dimensionless fundamental flap frequency.
The flap moment of inertia I, is obtained from the Lock number: v = pacR*/I,, for sea level standard
(SLS) density p, lift-curve slope a = 5.7, and thrust-weighted chord (or from the blade weight, or from
an autorotation index). The flap frequency and Lock number are specified for hover radius and rotational
speed. The flap frequency and hub stiffness are required for the radius and rotational speed of the flight
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state. For a hingeless rotor, the blade flap spring is K., = I,Q%(v? — 1), obtained from the hover
quantities; then Ky, = & Kgap and

Ky
2 ap
=1
e
For an articulated rotor, the hinge offset is e = Rz /(1+ ),z = 2(v? — 1) from the hover quantities; then

3 ¢e/R

2 — 1 =
S ey

and Ky, = %1},(22(1/2 — 1), using I, from ~ (and scaled with R for a variable diameter rotor) and (2 for
the flight state.

Optionally the rotor can have a variable diameter. The rotor diameter is treated as a control, allowing
it to be connected to an aircraft control and thus set for each flight state. The basic variation can be
specified based on the conversion schedule, or input as a function of flight speed (piecewise linear input).
For the conversion schedule, the rotor radius is Rpover for speeds below Venovers Reruise = f Rhover TOT
speeds above Vicruise, and linear with flight speed in conversion mode. During the diameter change, the
chord, chord radial distribution, and blade weight are assumed fixed; hence solidity scales as o ~ 1/R,
blade flap moment of inertia as I;, ~ B2, and Lock number as v ~ R2.

Optionally the rotor can have reaction drive. The reaction jet force Fie.ct iS a control, allowing it to
be connected to an aircraft control and thus set for each flight state, including trim of propulsion group
power.

12-3.1 Control Variables

The collective control variable is direct command of rotor thrust magnitude 7" or Cr /o (in shaft
axes), from which the collective pitch angle can be calculated; or rotor collective pitch angle 6 75, from
which the thrust and inflow can be calculated.

Shaft tilt control variables are incidence (tilt) and cant angles, acting at a pivot location.

Tip-path plane command is direct control of the tip-path plane tilt, hence tilt of the thrust vector.
This control mode requires calculation of rotor cyclic pitch angles from the flapping. The control
variables are longitudinal tilt 3. (positive forward) and lateral tilt 35 (positive toward retreating side).
Alternatively, the cyclic control can be specified in terms of hub moment or lift offset, if the blade
flap frequency is greater than 1/rev. The relationship between tip-path plane tilt and hub moment is
M = Km0, and between moment and lift offset is M = o(T'R). Thus the flapping is

(5) = 7 (50) -7 (55
Be Ky, \ =My Ky \ —0y
for hub moment command or lift offset command, respectively.

No-feathering plane command is control of rotor cyclic pitch angles, usually producing tilt of the
thrust vector. This control mode requires calculation of rotor tip-path plane tilt from the cyclic control,
including the influence of inflow. The control variables are longitudinal cyclic pitch angle 6, (positive
aft) and lateral cyclic pitch angle 6. (positive toward retreating side).

12-3.2 Aircraft Controls

Each control can be connected to the aircraft controls c4c: ¢ = ¢g+STcac, With ¢y zero, constant, or
a function of flight speed (piecewise linear input). The factor .S can be introduced to automatically scale
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the collective matrix: S = a/6 = 1/60 if the collective control variable is Cr/o; S = th?pAblade(a/G)
if the collective control variable is rotor thrust 7'; S = 1 if the collective control variable is pitch angle
6o.75. For cyclic matrices, S = 1 with no-feathering plane command, and S = —1 for tip-path plane
command.

12-3.3 Rotor Axes and Shaft Tilt

The rotor hub is at position z{  , where the rotor forces and moments act; the orientation of the rotor
shaft axes relative to the aircraft axes is given by the rotation matrix C3*'. The pivot is at position Zgivot'
The hub or shaft axes S have origin at the hub node; the z-axis is the shaft, positive in the positive thrust
direction; and the z-axis downstream or up. The rotor orientation is specified by selecting a nominal
direction in body axes (positive or negative z-, y-, or z-axis) for the positive thrust direction; the other
two axes are then the axes of control. For a main-rotor, the nominal direction would be the negative
z-axis; for a tail-rotor, it would be the lateral axis (ry-axis, depending on the direction of rotation of
the main-rotor); and for a propeller, the nominal direction would be the positive z-axis. This selection
defines a rotation matrix W from F to S axes. The hub and pivot axes have a fixed orientation relative
to the body axes:

hub incidence and cant: CHE = Uy, Vy,
pivot dihedral, pitch, and sweep: CPF =Xy Yo, Zy,
where U and V depend on the nominal direction, as described in table 12-2. The shaft control consists
of incidence and cant about the pivot axes, from reference angles i,.r and c,¢s:

C'cont = Ui*i,»efvcfcref

For a tiltrotor aircraft, one of the aircraft controls is the nacelle angle, with the convention «;;; = 0 for
cruise, and iy = 90 deg for helicopter mode. The rotor shaft incidence angle is then connected to
agie by defining the matrix 7; appropriately. For the locations and orientation input in helicopter mode,
iret = 90. Thus the orientation of the shaft axes relative to the body axes is:

CSF _ WOHFCFPCCOHtOPF

or just C5F = WCHE with no shaft control. From the pivot location z
reference shaft control 2/, ,, the hub location in general is

F
pivo

. and the hub location for the
F F FP PF\T( F F P
Zhub = Zpivot + (C CCODtC )T(ZhubO - Zpivot) - AZhub Sln(l - ZFEf)
To account for more complex mechanisms than a simple pivot, the increment A2/, isincluded. Similarly,
the pylon location and nacelle center-of-gravity location can be calculated for given shaft control. The
shift in the aircraft center of gravity produced by nacelle tilt is

W(ng - thFg;O) = WHIOVC(Zfac - ZfacO) = WmOVC(CFPC(?;)ntCPF - I) (Zfaco - Z]ﬁvot)

where W is the gross weight and W,y the weight moved. Table 12-2 summarizes the geometry options.

Table 12-2. Rotor shaft axes.

nominal thrust incidence cant

25-axis x9-axis w + for T' +forT Uy, Vs,
main-rotor —2F up —zFaft Yis0 aft right Yo Xy
other 2F down —zF  aft Z1s0 aft right Y o X_y
propeller el forward —2zF up Yoo up right YoZy
other —zF  aft -2 up Z1g0Y—90 Up right Y oZ_4
tail-rotor (r = 1) yF right —zF aft Z180X _go9 aft up ZgX_4

F

tail-rotor (r = —1) —y¥  left —z aft Z150X90 aft up Z_9Xy
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-1 0 0] [0 0 -1
Y180 = 0 1 0 Zlgoy_go = 0 -1 0
|0 0 —1] -1 0 0
(-1 0 0] (-1 0 0
Zlgo = O -1 0 ZlgoX_go - O 0 1
|0 0 1] 0 1 0
[0 0 -1 (-1 0 0
Yoo=|0 1 0 ZisoXoo=|0 0 -1
(1 0 0 L0 -1 0

12-3.4 Hub Loads

The rotor controls give the thrust magnitude and the tip-path plane tilt angles §. and (;, either
directly or from the collective and cyclic pitch. The forces acting on the hub are the thrust T, drag H,
and side force Y (positive in z-, z-, y-axis directions, respectively). The hub pitch and roll moments are
proportional to the flap angles. The hub torque is obtained from the shaft power P.,.¢ and rotor speed
Q. The force and moment acting on the hub, in shaft axes, are then:

H 0
FS=|Y | + 0

T —fsT

Mx Khub (rﬁs)
M= M, | = Knuw(—B)

_TQ _Tpshaft/Q

The force includes a term proportional to the rotor thrust and an input blockage factor fp = AT/T > 0.
This term accounts for blockage or download, as an alternative to including the drag of the fuselage
or a lifting surface in the aircraft trim. For example, fp can model the tail-rotor blockage caused by
operation near the vertical tail. The rotor loads in aircraft axes acting at the center of gravity are then:

FF — CFSFS
MF = CFSMS 4 AzFFF

where Az¥ = qub — zg].

The wind axis lift L and drag X are calculated from the net rotor hub force F¥" and the rotor velocity
vF'. The velocity relative to the air gives the propulsive force direction e, = v'/[v¥| (no interference)

and the velocity magnitude V' = [v*|. The drag and lift components of the force are X = —¢] F¥ and
L = |(I —epel) F¥|, respectively. Thus XV = —(v¥)" F¥ and L? = |F¥|> — | X|2. The rotor contribution
to vertical force is the z-axis component of the force in inertial axes, Fyy = —kTC/FFF,

12-3.5 Download

Rotor-induced download on the airframe can be modeled in several ways. The first approach is
to calculate the aerodynamic force on components (fuselage, wings, and tails), produced by the rotor
wake-induced interference velocity. Optionally the aircraft vertical drag (D/q)y can be fixed. Aircraft
trim increases the rotor thrust to counter the download force.
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The second approach is to introduce a blockage factor fg = AT/T > 0 to produce an additional
force fgT on the rotor hub, opposing the rotor thrust. Again, aircraft trim increases the rotor thrust to
counter the blockage force.

The third approach is to use a download factor fp;, = 1/(1 — AT/T) > 1 and evaluate the rotor
induced and profile power at the increased thrust T fp,. The download will not be reflected in the rotor
thrust that trims the aircraft, but rather in higher rotor power for a given thrust.

The blockage factor and download factor for hover, out of ground effect are given by B = AT/T
and DL = AT/T, respectively. These values are reduced with forward speed and in ground effect:

fe=Bfuf:, foL =1/(1 = DL [, f.), where

fH = (1 — m)(l — aDLm)
f:=0-=C)1=bprlh)

with m = p/pupr and ¢ = (24/D)p1/(24/D). The blockage and download are zero for pn > upy or
2g/D < (24/D)pL-

12-4 Aerodynamics

The rotor velocity relative to the air is v* = v§ + @4 Az" in aircraft axes. The velocities in shaft

axes are
—Ha Tl
09 = C W = QR | rp, W' =C% ol =a| a

Iz ra,

where QR is the rotor tip speed. The advance ratio u, inflow ratio A, and shaft angle of attack « are

defined as
=\ pE+

A=A+ Mz
a = tan™ (p2/p)

The blade velocity relative to the air has the maximum amplitude (advancing tip velocity) of . =
\/m , from which the advancing tip Mach number is My, = Mipfiq:, using the tip Mach
number M, = (QR)/c,. The rotor thrust coefficient is defined as Cr = T'/pA(2R)?. The dimensionless
ideal induced velocity ); is calculated from p, u,, and Cr; then the dimensional velocity is v; = QR \;.
The ideal induced power is then Pg4.,; = Tw;. Note that for these inflow velocities, the subscript “i”
denotes “ideal.”

12-4.1 Ideal Inflow
The ideal wake-induced velocity is obtained from Glauert’s momentum theory:

N — CT o S)\%L
NP NOCER RN CEe

where A = \; + 11, A2 = |Cp|/2 (A, is always positive), and s = sign C7. This expression is generalized
to

Ai = A s F(u/n,spz/An)
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If 11 is zero, the equation for \; can be solved analytically. Otherwise, for non-axial flow, the equation

is written as follows:
5)‘%

et

Using A instead of \; as the independent variable simplifies implementation of the ducted fan model. A
Newton—Raphson solution for A gives:

SV
VAZ 4+ p?
)\n - Mz _/)\\in
>\n+1 = An K

T A/ (O2 4 p2)

A relaxation factor of f = 0.5 is used to improve convergence. Three or four iterations are usually
sufficient, using

s\
V(A + )2 + 42
to start the solution. To eliminate the singularity of the momentum theory result at ideal autorotation,
the expression

A

Il

+l1/z

0.373u2 4 0.598y2

A= pe
A

—0.991

18 used when
150 4 (25, + 3Mn)? < A7

The equation A = i, (apu? — bA? + cp?)/A7 is an approximation for the induced power measured in the
turbulent-wake and vortex-ring states. Matching this equation to the axial-flow momentum theory result
at p, = —2X\, and p, = — X\, gives a = v/5/6 = 0.3726780 and b = (4/5 — 3)/6 = 0.9907120. Then
matching to the forward-flight momentum theory result at (u = Ap, 1, = —1.5\,) gives ¢ = 0.5980197.
For axial flow (1 = 0) the solution is:

1 Pz \ 2
324—5 (7) + A2 Y IT
0.37342
A={ [ )PM - 0.991] —2\p < sps < —An
h
W Mz )2
5 =8 (7) -\ sty < —2Xp

Note that \; and v; are the ideal induced velocities; additional factors are required for the wake-induced
velocity or induced power calculations.

12-4.1.1 Ducted Fan

Rotor momentum theory can be extended to the case of a ducted fan. Consider a rotor system with
disk area A, operating at speed V', with an angle « between V' and the disk plane. The induced velocity
at the rotor disk is v, and in the far wake w = fyyv. The far wake area is A, = A/f4. The axial velocity
at the fan is fy-, V., with fy,, accounting for acceleration or deceleration through the duct. The edgewise
velocity at the fan is fy,V,, with fy, = 1.0 for wing-like behavior, or fy, = 0 for tube-like behavior of
the flow. The total thrust (rotor plus duct) is T, and the rotor thrust is Tyotor = frT. For this model, the
duct aerodynamics are defined by the thrust ratio fr or far wake area ratio f4, plus the fan velocity ratio
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fv. The mass flux through the rotor disk is 7 = pAU = pA Uy, Where U and U, are respectively the
total velocity magnitudes at the fan and in the far wake:

U? = (fy.Vcosa)? + (fy.Vsina 4 v)?
U2 = (Veosa)? + (Vsina + w)?

Mass conservation (f4 = A/A,, = U /U) relates f4 and fy,. Momentum and energy conservation give
T = 1w = pAUxw/ fa = pAU fwo

1
P = -nw (2VSina + ﬂ) =T <Vsina + i)
2 ND 277D
where 7)p is the duct efficiency, accounting for total pressure loss in flow through the duct. With these
expressions, the span of the lifting system in forward flight is assumed equal to the rotor diameter 2R.
Next it is required that the power equals the rotor induced and parasite loss:

P =Totor(fv:Vsina+v) =T fr(fy,Vsina+v)

In axial flow, this result can be derived from Bernoulli’s equation for the pressure in the wake. In
forward flight, any induced drag on the duct is being neglected. From these two expressions for power,
V.+fwv/2np = fr(fv.V.+v)isobtained, relating fr and fy,. Withnoduct(fr = fv. = fv. =np = 1),
the far wake velocity is always w = 2v, hence fyr = 2. With an ideal duct (f4 = fv. = fv. = 1), the far
wake velocity is fi = 1. In hover (with or without a duct), fi = fa = 2np fr,and v = \/2/ fwrvs. The
rotor ideal induced power is P,gca1 = Tw/2np = fpTv, introducing the duct factor fp = fw /2np.

For a ducted fan, the thrust Cr is calculated from the total load (rotor plus duct). To define the duct
effectiveness, either the thrust ratio fr = Tyotor/T Or the far wake area ratio f4 = A/A is specified (and
the fan velocity ratio f/). The wake-induced velocity is obtained from the momentum theory result for
a ducted fan: A2 = (fwXi/2)\/(fvap)? + (fvp. + Ai)?. If the thrust ratio fr is specified, this can be
written

s\i/(frnp) He
\/(szMz + )\i)Q + (wa:u’)2 fT
In this form, \; can be determined using the free-rotor expressions given previously: replacing A7, u.,

w, and A with A2 / frnp, s/ fr, fvaep, and fy.p. + A, respectively. Then from ); the velocity and area
ratios are obtained:

szN’z + >\'L' =

fw =2np (fT —(1- foVz)%)

Fa= \/ P2 A4 (e + fw Ai)?
(fvam)? + (fvzpz + Xi)?

If instead the area ratio f4 is specified, it is simplest to first solve for the far wake velocity fu \;:

sA%?fA
V(e + fwhi)? + p?

Nz+fW>‘2: + 1

In this form, fy\; can be determined using the free-rotor expressions given previously: replacing A}
and A with A\22f4 and p. + fw \;, respectively. The induced velocity is

(vt 4+ A)? = é 62+ (s + v d)?] — (Frrap)?
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The velocity ratio is fw = (fw )/, and

M=+ fwi/2np
Jr=—""—""7—
sz,uz +)\L

is the thrust ratio. However, physical problems and convergence difficulties are encountered with this
approach in descent, if an arbitrary value of f7 is permitted. From the expression for fr, fr should
approach 1/ fy. at high rates of climb or descent. To avoid problems with an arbitrary value of fr, it is
assumed that the input value of f defines the velocity ratio fy = 2np fr in descent. So in descent p,
is not replaced by ./ fr.

12-4.1.2 Ground Effect

The wake-induced velocity is reduced when the rotor disk is in the proximity of the ground plane.
Ground effect in hover can be described in terms of the figure of merit M = (7°/2//2pA)/ P as a function
of scaled rotor height above the ground, z,/D = z,/2R. Usually the test data are given as the ratio of
the thrust to OGE thrust, for constant power: T/T., = (M/M)%? = k, > 1. The effect on power at
constant thrust is then P = P f,, where f;, = kg /2 < 1. Ground effect is generally negligible at heights

above z,/D = 1.5 and at forward speeds above p = 3\j,.

The ground plane is assumed to be perpendicular to the inertial frame z-axis. The ground normal
(directed downward) is kI’ = C*'k in airframe axes, or kJ = C5Fk[" in rotor shaft axes. The height
of the landing gear above ground level, h ¢, is specified in the flight state. The height of the rotor hub
above ground level is then

zg=hra — (k) )" (2 — 21c) + drc

where z£, is the position of the landing gear in the airframe, and d;,¢ is the distance from the bottom of
the gear to the location 2. From the velocity

Ha
v¥ = —Tlhy
—A

the angle ¢ between the ground normal and the rotor wake is evaluated: cose = (kgf YTvS/|v¥] (e = 0 for
hover, € = 90 deg in forward flight). Note that if the rotor shaft is vertical, then cose = \/\/u2 + A2 (see
ref. 1). The expressions for ground effect in hover are generalized to forward flight by using (z,/ cose)
in place of z,. No ground effect correction is applied if the wake is directed upward (cose < 0), or if
24/ cose > 1.5D. From z,/D cose, the ground effect factor f, = k4 3/2 is calculated. Then

(Mi)ice = fg (Mi)ocE

is the effective ideal induced velocity.

Several empirical ground effect models are implemented: from Cheeseman and Bennett (ref. 1,
basic model and using blade-element (BE) theory to incorporate influence of thrust), from Law (ref. 2),
from Hayden (ref. 3), a curve fit of the interpolation from Zbrozek (ref. 4), and from University of
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Maryland (ref. 5):

r 3/2
_1 - m} Cheeseman and Bennett

- . 1 -3/2
141570 7}

1Cr (12, R)? Cheeseman and Bennett (BE)
T g

1.0991 — 0.1042/(z,/D) 3/2 -

£ = L1+ (Cr/0)(0.2894 — 0.3913/(z,/D))
=

[ 0.03794 17*

_0~9926+(zg/—23)2] Hayden

| 0.0544 —3/2

P Zbrozek

(zg/R)\/T/a]

0.146 +2.000 (%) — 2,068 (%) +0.932 (%)" — 0.157 (%) University of Maryland

These equations break down at small height above the ground, and so are restricted to z,/D > 0.15;
however, the database for ground effect extends only to about z/D = 0.3, except for the Maryland data,
which goes to z/D = 0.1. Also, f, < 1isrequired. Figure 12-2 shows T'/T, = k4 = f;2/3 as a function
of z/R for these models (Cr/o = 0.05, 0.10, 0.15), compared with test data from several sources.

Alternatively, a table can be specified for either k, = T'/T or f, = P/P, as a function of Cr /o
and h/D = z,/2R; or as a function of Cr /o, h/D, and M;p,.

The influence of the ground on tiltrotor power required is stronger than for an isolated rotor. This
further reduction of power is probably due to a reduction of wing and fuselage download when operating
near the ground. For quad tiltrotors, an upload on the airframe has been measured at low heights. These
effects can be modeled by using an effective distance above the ground: z. = Cjyz,, with typically
Cy = 0.5 for a tiltrotor.

12-4.1.3 Inflow Gradient

As a simple approximation to nonuniform induced velocity distribution, a linear variation over the
disk is used: AX = A7 costp + Ayrsine. There are contributions to AX from forward flight and from
hub moments, which influence the relationship between flapping and cyclic. The linear inflow variation
caused by forward flight is AXy = (kg7 cos¢) + kyrsine), where \; is the mean inflow. Typically «,
is positive, and roughly 1 at high speed, and &, is smaller in magnitude and negative. Both «, and &,
must be zero in hover. Based on references 69, the following models are considered:

. 157 157 W
Coleman and Feingold: Kgo = fo——tany/2 = fr— ——nu——
g o=/ 32 X/2=/. 32 i1+ |\

Ry0 = _fy2/*"
White and Blake: Koo = foV/2siny = fov/2——
NGEE
Ry0 = —ny/J/
where tanx = |A|/p is the wake angle. Extending these results to include sideward velocity gives
Ky = (Kgolte + Kyolty)/p and k, = (—Kgofty + Kyoftz)/ 1. For flexibility, the empirical factors f, and f,
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Figure 12-2. Ground effect models (hover).

have been introduced (values of 1.0 give the baseline model). There is also an inflow variation produced
by any net aerodynamic moment on the rotor disk, which can be evaluated using a differential form of
momentum theory:

AN, = f—m (—2Cwyr cos ) + 2C a7 sine) = Appmr COS Y + Ay 1 siny

/ ,LL2 + AQ
including empirical factor f,,,. Note that the denominator of the hub moment term is zero for a hovering
rotor at zero thrust; so this inflow contribution should not be used for cases of low speed and low thrust.

12-4.2 Rotor Forces

When direct control of the rotor thrust magnitude is used, the rotor collective pitch angle 6, 75 must
be calculated from the thrust Cr/o. If the commanded variable is the collective pitch angle, then it is
necessary to calculate the rotor thrust, resulting in more computation, particularly since all quantities
depending on the thrust (inflow, induced power factor, and mean drag coefficient) are also unknown.
There may be flight states where the commanded thrust can not be produced by the rotor, even with
stall neglected in the section aerodynamics. This condition manifests as an inability to solve for the
collective pitch given the thrust. In this circumstance the trim method can be changed so the required
or specified thrust is an achievable value, or commanded collective pitch control can be used.
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Cyclic control consists of tip-path plane command, requiring calculation of the rotor cyclic pitch
angles from the flapping; or no-feathering plane command, requiring calculation of the tip-path plane tilt
from the cyclic control angles. The longitudinal tip-path plane tilt is 3. (positive forward) and the lateral
tilt is 3, (positive toward retreating side). The longitudinal cyclic pitch angle is 6 (positive aft), and the
lateral cyclic pitch angle is 6. (positive toward retreating side). Tip-path plane command is appropriate
for main-rotors. For rotors with no cyclic pitch, no-feathering plane command must be used.

The forces acting on the hub are the thrust T, drag H, and side force Y (positive in z-, z-, y-
axis directions, respectively). The aerodynamic analysis is conducted for a clockwise rotating rotor,
with appropriate sign changes for lateral velocity, flapping, and force. The analysis is conducted in
dimensionless form, based on the actual radius and rotational speed of the flight state. The inplane hub
forces are produced by tilt of the thrust vector with the tip-path plane, plus forces in the tip-path plane,
and profile terms (produced by the blade drag coefficient). The orientation of the tip-path axes relative
to the shaft axes is then C”° = X,5.Y_j5_. Then

C1H 0 CHtpp CHO
Cy | =c°f 0 + | rCyipp | + | rCvo
Cr Cr/C5F 0 0

The inplane forces relative to the tip-path plane can be neglected, or calculated by blade element theory.
Note that with thrust and tip-path plane command and Cpypp, and Cypp, neglected, it is not necessary to
solve for the rotor collective and cyclic pitch angles. In general the inplane forces relative to the tip-path
plane are not zero, and may be significant, as for a rotor with large flap stiffness. Figures 12-3a and b
show, respectively, the tip-path plane tilt and thrust vector tilt with cyclic pitch control (no-feathering
plane tilt), as functions of flap stiffness (frequency), for several rotor thrust values. The difference
between tip-path plane tilt (fig. 12-3a) and thrust vector tilt (fig. 12-3b) is caused by tilt of the thrust
vector relative to the tip-path plane.

The profile inplane forces can be obtained from simplified equations, or calculated by blade element
theory. The simplified method uses:

CHO a Mz /,u
=35 meanF
(CY0> 8Cd H(_My/ﬂ
where the mean drag coefficient cgmean 1S from the profile power calculation. The function Fy ac-

counts for the increase of the blade section velocity with rotor edgewise and axial speed: Cg, =
[ LocqU(rsing + p)dr = [ tocq(ud + u¥ +u3)/2(rsing + p)dr; so (from ref. 10)

27 1
Fu =ty [ [ (4 using)? + (ueosv)? +42)" (rsinw + ) dr o
0

2m Jo
14 V2-1 3 VI+V24+1
> /14 V2 e 2+ ) | ———
+ (3,u+4u (1—5—"2)2) + (uuz+4u n

with V2 = p2 + p2.
12-4.3 Blade Element Theory

Blade element theory is the basis for the solution for the collective and cyclic pitch angles (or thrust
and flap angles) and evaluation of the rotor inplane hub forces. The section aerodynamics are described
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Figure 12-3a. Tip-path plane tilt with cyclic pitch.

by lift varying linearly with angle of attack, ¢, = ¢/« (no stall), and a constant mean drag coefficient
Cdmean (from the profile power calculation). The analysis is conducted in dimensionless form (based on
density p, rotor rotational speed (2, and blade radius R of the flight state). So in the following o, v, and
~ are for the actual p, Q, and R; and a = 5.7 is the lift-curve slope used in the Lock number ~. The blade
section aerodynamic environment is described by the three components of velocity, from which the yaw
and inflow angles are obtained, and then the angle of attack:
. . U? =u2 +u’
U =1+ gy SinY + py, cos
! cosA = U/\/uz +u? + u%
UR = [hg COS Y — [Ly SIN Y

—_ —1
up = A+ 7(06 + dpsine — ay, cos ) + urf3 ¢ = tan”"up/ur

a=0—-¢
In reverse flow (Ja| > 90), @ < a — 180 signa, and then ¢, = ¢y« still (airfoil tables are not used). The

blade pitch consists of collective, cyclic, twist, and pitch-flap coupling terms. The flap motion is rigid
rotation about a hinge with no offset, and only coning and once-per-revolution terms are considered:

0 = 00.75 + Oy + 0. costp + 0,siny — Kpf
ﬁ = ﬁO +ﬁcCOS¢+5sSin¢

where Kp = tands. The twist is measured relative to 0.75R; 04, = 01 (r — 0.75) for linear twist. The
mean inflow is A\g = k);, using the induced velocity factor x from the induced power model. The inflow
includes gradients caused by edgewise flight and hub moments:

A= 1z + Ao(1 + kgr cos ) + kyrsiny) + AN,

=tz + Ao(1+ Kgrcosth + kyrsiny) + f—m (—2Cwyr cos ) + 2C 7 siny)

N
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Figure 12-3b. Thrust vector tilt with cyclic pitch.

From the hub moments

()-35(2)
CMz o 2 Y ﬂs

the inflow gradient is

G R ) = K, L1 .
A)\m—<\/m 8) 78 (rBecost) + rfssiny) = Ky, 78 (rB.cos) + rfBssin)

The constant K, is associated with a lift-deficiency function:

1 1

U+ K 1+ foa/(8v/02 + 22)

The blade chord is ¢(r) = c.té(r), where ¢ is the thrust-weighted chord (chord at 0.75R for linear
taper). Yawed flow effects increase the section drag coefficient, hence ¢y = c¢gmean/ cos A. The section
forces in velocity axes and shaft axes are

C:

1 1

L= §pU2c05 F,=Lcos¢— Dsing = ipUC(CguT — cqup)
1 1

D = EpUzccd F,=Lsin¢+ Dcos¢ = §pUC(CgUP + cqur)
1 1

R:EpUQCcT:DtanA FT:fﬁFZ+R:—BFZ+§pUccduR

These equations for the section environment and section forces are applicable to high inflow (large 1),
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sideward flight (1,)), and reverse flow (ur < 0). The total forces on the rotor hub are

T:N/der
H:N/ F,.siny + F,. cosvy dr

Y = N/mecosv,/JJrFrsinwdr

with an average over the rotor azimuth implied, along with the integration over the radius. Lift forces
are integrated from the root cutout 7., to the tip loss factor B. Drag forces are integrated from the root
cutout to the tip.

In coefficient form (forces divided by pAV;3)) the rotor thrust and inplane forces are:

o ~ 1
Cr= O’/Fz dr 2z = EéU(ch — cdup)
~ . o~ = 1
Cyg = U/ F,siny + F,.cosvy dr F, = iéU(cwp + cqur)
~ ~ ~ ~ 1,
Cy = o/—Fgu cos ) + F.sin dr F,. = —-pF, + §CUCdUR

(and the sign of Cy is changed for a clockwise rotating rotor). The terms Aﬁz o E B and Aﬁr = ,ﬁz I6]
produce tilt of the thrust vector with the tip-path plane (Cy = —Crg. and Cy = —Crfs), which
are accounted for directly. The section drag coefficient ¢, produces the profile inplane forces. The
approximation up = pu, is consistent with the simplified method (using the function F), hence

Fyo = %éUOCduT Cro=0 / Frosing + Frycosgdr = / cUoca(rsing + pg) dr

)

1 ~ ~
o = iéUocduR Cy, = a/—Fm cos Y + Frosinp dr = —% /éUocd(r cos Y + i) dr

where U = u% + p2, and cq = Cdmean/ cos A. Using blade element theory to evaluate Cy, and Cy,
accounts for the planform (¢) and root cutout. Using the function Fy implies a rectangular blade and no
root cutout (plus at most a 1% error approximating the exact integration). The remaining terms in the
section forces produce the inplane loads relative to the tip-path plane:

)
)

8

~ PN 1, N ;
in: — ZIB—F;EO:§CUCZ(’U/P_uTﬁ)+§CUCd((1_UO/U)uT+uPﬁ)

)
)

<

= ~ 1
ChHipp = U/ Fyisine + F; costp dr
Cytpp = 0/ _ﬁwi cos + ﬁm- sin vy dr

(including small profile terms from Uy # U).

Evaluating these inplane forces requires the collective and cyclic pitch angles and the flapping
motion. The thrust equation must be solved for the rotor collective pitch or the rotor thrust. The
relationship between cyclic pitch and flapping is defined by the rotor flap dynamics. The flap motion is
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rigid rotation about a central hinge, with a flap frequency v > 1 for articulated or hingeless rotors. The
flapping equation of motion is

B+ﬂﬂﬁ+2aygn¢+aaxas¢::g/ﬁirmu+@2—1ﬂ%
including precone angle 3,; the Lock number v = pac,es R?/I,. This equation is solved for the mean
(coning) and 1/rev (tip-path plane tilt) flap motion:

V23, = %/ﬁzrdr +(? = 1)5,

2 Be\ _ 7 [ n 2 cos 20,
(v 1)<68)a/Fzrdr(Qsinw)—i_(Qdy)
with an average over the rotor azimuth implied. The solution for the coning is largely decoupled by
introducing the thrust:

C ~
ugﬁo = % a_aT + (Vg - 1B, + g /Fz(r —3/4)dr

A separate flap frequency v is used for coning, in order to model teetering and gimballed rotors. For
an articulated rotor, 5, = 0 should be used.

The thrust and flapping equations of motion that must be solved are:

a:ﬁ/ﬁm—%ﬁ
a aga

E. 8 [ 2 cos v2—1 (8, 16 [ ¢,
(5)=2 e (Gin) -5 (5)+ 5 ()
The solution v such that E(v) = 0 is required. The variables are v = (6y.75 0..05)* for thrust and tip-path
plane command; v = (.75 8. 3s)* for thrust and no-feathering plane command; v = (Cr /o 6. 60,)T for
collective pitch and tip-path plane command; v = (Cr/o 3. 3s)" for collective pitch and no-feathering
plane command. Note that since ¢, = ¢y« is used (no stall), these equations are linear in §. However,
if 0T /06y.75 is small, the solution may not produce a reasonable collective for commanded thrust. A

Newton—Raphson solution method is used: from E(v,+1) & E(v,) + (dE/dv)(vpe1 — v,) = 0, the
iterative solution is

Un+1 = Un — CE(Un)

where C' = f(dE/dv)~!, including the relaxation factor f. The derivative matrix dF/dv is obtained by
numerical perturbation. Convergence of the Newton—Raphson iteration is tested in terms of |E| < e for
each equation, where ¢ is an input tolerance.

12-5 Power

The rotor power consists of induced, profile, parasite, and adjustment terms: P = P;+ P,+ P, + P,.
The parasite power (including climb/descent power for the aircraft) is obtained from the wind axis drag
force: P, = —XV = (vI")TFF.

The induced power is calculated from the ideal power: P; = kPgcal = £fpTVideal. The empirical
factor « accounts for the effects of nonuniform inflow, non-ideal span loading, tip losses, swirl, blockage,
and other phenomena that increase the induced power losses (x > 1). For a ducted fan, fp = fw /2np is
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introduced. The induced power at zero thrust is zero in this model (or accounted for as a profile power
increment). If « is deduced from an independent calculation of induced power, nonzero P; at low thrust
will be reflected in large « values.

The profile power is calculated from a mean blade drag coefficient: P, = pA(QR)3Cp,, Cp, =
(0/8)CameanFp. The function Fp(u, 1) accounts for the increase of the blade section velocity with rotor
edgewise and axial speed: Cp, = [ Joc,Usdr = [ 2ocq(ud + u% +u3)3/2dr; so (from ref. 10)

3/2

1 27 1
Fp = 4% / ((r+ psint)® + (peosy)? + p2)™ " dr dip
o Jo

4

5 3 ,4+TV244VE 9y
> V14+V2 (14 V24 Zp? - —
* < T R T v 161+V2)

VI+VZ+1
v

4 2 2 4

with V2 = 12 + ;2. This expression is exact when p = 0, and fp ~ 4V3 for large V.

Two performance methods are implemented, the energy method and the table method. The induced
power factor and mean blade drag coefficient are obtained from equations with the energy method, or
from tables with the table method. Optionally « and cgmean can be specified for each flight state,
superseding the performance method values.

Rotor power adjustments (P,) are associated with wing interference, propulsive force efficiency,
and climb efficiency.

12-5.1 Energy Performance Method

12-5.1.1 Induced Power

The induced power is calculated from the ideal power: P; = kP.geal = £fpT Videa1. Reference values
of « are specified for hover, axial cruise (propeller), and edgewise cruise (helicopter): Knover, Kprop, and
Kedge- 1WO models are implemented: constant model and standard model. The constant model uses
K = Khover If ft = 1. = 0; O K = Kprop 1f [1t] < 0.1]2]; OF K = Keqge Otherwise.

The standard model calculates an axial flow factor raxia from Knovers Kelimb, and Kprop. Let A =
Cr/o — (Cr/o)ina. For hover and low-speed axial climb, including a variation with thrust, the inflow
factor is

2 _ .
Kh = Fhover + kn1An + kn2| Ap "2 + (Ketimb — Fhover) - tan~! [((\,uz|/)\h)/Maxial)X“‘al

where |u.|/A\n, = Maxia is the midpoint of the transition between hover and climb, and X, is large
for a fast transition. Figure 12-4 illustrates  in hover (with a minimum value). Figure 12-5 shows the
behavior of this function for a helicopter in climb (X4, = 0.65). A polynomial describes the variation
with axial velocity, scaled so k = kp at p, = 0 and k = &k, at p, = l.prop- Including variations with
thrust and shaft angle and propulsive force:

K = o + it B+ a8, + B2 7 + by (1001125 = (1O /01 1) 7
S = (Kp — (kn + kalﬂzmoz)))/(kﬂﬂiprop + ka3|M2pr0p|Xa)

Raxial = Kh + ka1|ﬂz‘ + S(kja2ug + ku3|:uZ|Xa)
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Figure 12-4. Induced power factor for rotor in hover.

with S = 0 if k42 = kq3 = 0 (not scaled); and kaxial = K if fzprop = 0 0O f < fiztran-

Finally the induced power factor « is calculated from kaxia1 and Keqge- A polynomial describes
the variation with edgewise advance ratio, scaled SO K = Kaxia at 4 = 0, and kK = ke OF K¢ + Kaxial at
i = ledge. Thus the induced power factor is

Ke = fafoft (Fedge + kt1¢ + k‘t2|At|Xt2)
S = (Hx - kelﬂedge)/(keZ/Lgdge + k63|,uedge|Xe)
K = Kaxial T+ kelﬂ + S(ke2ﬂ2 + k63ﬂxe)

where K, = Ke — Kaxial fOI K = Ke At (6 = fledge; OF Ky = Ke fOI K = K¢ + Kaxial at [t = fedge; With S =0
if ke = kez = 0 (not scaled); and £k = Kaxjal if fteage = 0. The function f, = 1 — keqp. accounts for the
influence of angle of attack (u. /) or rotor drag (Cx). The function fog = 1 — ko (1 — e~ *02°2) accounts
for the influence of lift offset, o, = *M, /TR = (Knuw/TR)03s. Figure 12-6 illustrates « in edgewise
flight. Minimum and maximum values of the induced power factor, xm,i, and fmax, are also specified.

12-5.1.2 Profile Power

The profile power is calculated from a mean blade drag coefficient: Cp, = (¢/8)cameanFp. Since the
blade mean lift coefficient is ¢, = 6Cr /0o, the drag coefficient is estimated as a function of blade loading
Cr/o (using thrust-weighted solidity). With separate estimates of the basic, stall, and compressibility
drag, the mean drag coefficient is:

Cdmean — XS (Cdbasic + Cdstall + Cdcomp)

where y is a technology factor. The factor S = (Reye/Re)*®e accounts for Reynolds number effects
on the drag coefficient; typically Xy, = 0.2 for a turbulent boundary layer. Re is based on the thrust-
weighted chord, 0.75V;;,,, and the flight state; Re,.s corresponds to the input ¢, information. The following
models are implemented for the basic drag:

a) Array model: The basic drag cgpasic 1S input as a function of Cr/o; the array is linearly interpolated.
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Figure 12-6. Induced power factor for rotor in edgewise flight.

b) Equation model: The basic drag cgpasic is @ quadratic function of Cr /o, plus an additional term
allowing faster growth at high (sub-stall) angles of attack. Let A = |Cr/o — (Cr/0)pmin|, Where
(Cr/0)Dmin corresponds to the minimum drag and Ay, = |Cp/o| — (Cr/0)sep. Values of the basic
drag equation are specified for helicopter (hover and edgewise) and propeller (axial climb and cruise)
operation:

can = donel + dinetA + done1 A% + dgep Az

sep

Cdp = dOprop + dlpropA + d2propA2 + dsepAgg;ep + dpaﬂé‘:u|xpa

The separation term is present only if A, > 0. The helicopter and propeller values are interpolated as
a function of p:

2 _
Cdbasic = Cdh + (Cdp - cdh); tan 1(|,Ufz|//\h) + dfl,u + de,UXf + dzlﬂz + dz2‘,ulz|Xz
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SO |pz|/An = 1 is the midpoint of the transition. The last terms are the effect of edgewise and axial flow.

The stall drag increment represents the rise of profile power caused by the occurrence of significant
stall on the rotor disk. Let Ay = |Cr/o| — (fs/fafor)(Cr/0)s (fs is an input factor). The function
fa = 1 — dsqp. accounts for the influence of angle of attack (u./u) or rotor drag (Cx). The function
foff = 1 —do1(1 — e~%2°=) accounts for the influence of lift offset, o, = rM, /TR = (Kpu/TR)3s. Then
Castall = dg1 AX1 +d o AXs2 (zero if A, < 0). The blade loading at which the stall affects the entire rotor
power, (Cr/o)s, is an input function of the velocity ratio V' = /u? + p2.

The compressibility drag increment depends on the advancing tip Mach number M,;, and the tip
airfoil thickness-to-chord ratio 7. The following models are implemented:

a) Drag divergence model: Let AM = M,; — Myq, where M, is the drag divergence Mach number of
the tip section. Then the compressibility increment in the mean drag coefficient is

Cdcomp = dmlAM + dm2AMxm

(ref. 11). The drag increment is only used if AM > 0. Mgy, is a function of the advancing tip lift
coefficient, c;(; o). The advancing tip lift is estimated from o 99y = (6.75 +0.2507 + 0, — (A — B.) /(1 +
W) =2 1.6(1-2.97u+2.212)(6Cr /0a)+0.250, (zero above p = 0.6). Then the Korn expression (ref. 12)
gives My, for small lift coefficient:

Maq = ka — K|ce| = 7 = Mgao — K|l

where Mg, is the drag divergence Mach number at zero lift, and typically x = 0.16.

b) Similarity model: From transonic small-disturbance theory (refs. 13—14), the scaled wave drag must
be a function only of K; = (M2, —1)/[M2,7(1 +~)]?/3. An approximation for the wave drag increment
is , ,
,/._5 3 ,]_5 3

2 1/3 D(Ky) = 2 1/3
[Mat(l + 7)] [Mat(l + 7)]
(constant for K; > —0.2). Integration of Ac, over the rotor disk gives the compressibility increment in
the profile power. Following Harris, the resulting compressibility increment in the mean drag coefficient

is approximately:

Acg = 1.774(K 4 1.674)%/2

Cdcomp = 152f(K1 + 1)2[(1 + M)T]S/Q(l + 7)1/2
including the input correction factor f; cgcomp 18 zero for Ky < —1, and constant for K; > —0.2.

¢) Tip Mach number model: From the tip Mach number and thrust coefficient:
ACpo = dmi (Myp — Myip imit) > (Cr = Crtimi) > — done (Miip ref — Myip imit) > (Cr = Crtimit)

and then cycomp = ACp,/((0/8)Fp). The compressibility increment is zero if M, < Miip limit OF
Cr < Crlimit- Miip rer 18 the tip Mach number corresponding to the basic profile power model.

Figure 12-7 shows typical stall functions (Cr /o), for two rotors with different stall characteristics,
designated high-stall and low-stall, resulting from design features such as different airfoils, Figure 12-7
also shows, for reference, typical helicopter rotor steady and transient load limits. Figure 12-8 illustrates
the mean drag coefficient in hover, showing ¢4, with and without the separation term, and the total for
the high-stall and low-stall cases. Figure 12-9 illustrates the mean drag coefficient in forward flight,
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Figure 12-8. Mean drag coefficient for rotor in hover.

showing the compressibility term cgcomp, and the growth in profile power with Cr/o and p as the stall
drag increment increases.

Rotor thrust capability (Cr/o)max as a function of advance ratio x can be specified for steady and
transient operation. Alternatively, the thrust limit can be obtained from an equation:

(Cr/0)max = Ko — K11
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Figure 12-9a. Mean drag coefficient for rotor in forward flight, high-stall.

For example, (C7/0)max = 0.17 —0.25u corresponds to the steady limit, and (Cr /o) max = 0.20 —0.25u2
corresponds to the transient limit. One of these limits can be used to calculate the aircraft never-exceed
speed. The rotor thrust margin (Cr/0)max — |Cr /o] is available for the maximum effort or trim solution.

12-5.1.3 Twin and Multiple Rotors

For twin rotors, the induced power is determined by the induced velocity of the rotor system, not
the individual rotors. The induced power is still obtained using P; = kP.geal = £ fpT Videa for each rotor,
but the ideal induced velocity is calculated for an equivalent thrust C. based on the thrust and geometry
of both rotors. The profile power calculation is not changed for twin rotors.

In hover, the twin rotor induced velocity is v; = kwiny/T/2pA,, from the total thrust 7" and the
projected disk area A, = (2 — m)A. The overlap fraction m is calculated from the rotor hub separation
¢. A correction factor for the twin rotor ideal power is also included. For a coaxial rotor, typically
Kewin =2 0.90. So the ideal inflow is calculated for Cr. = (Cr1 + Cr2)/(2 — m).

In forward flight, the induced velocity v; = kiwinT/2pAV is calculated from the equivalent thrust
T, = 2111 + x2T5, which gives v; = Kiwin (T101 + T202) = Kiwin (2171 /2pAV 4+ 2915 /2pAV'). The induced
velocity of a coaxial rotor is v; = Kiwin/(2pAV), from the total thrust 7" and a span of 2R. The
ideal inflow is thus calculated for Cr. = Cr1 + Cro. The correction factor for ideal induced power
(biplane effect) is xiwin = 0.88 to 0.81 for rotor separations of 0.06D to 0.12D. The induced velocity
of side-by-side rotors is v; = kwinT/(2pA.V), from the total thrust 7" and a span of 2R + ¢, hence
A. = A(1+ ¢/2R)?. The ideal inflow is thus calculated for Cr. = (Cr1 + Cr2)/(1 + £/2R)?. If there
is no overlap (¢ > 2R), it is assumed that there is no performance impact of interference between the
rotors. The induced velocity of tandem rotors iS vp = Kiwin (T7/(2pAV) + 2rTr/(2pAV)) for the front
rotor and vg = Kiwin(Tr/(2pAV) + 25T /(2pAV)) for the rear rotor. For large separation, zp = 0 and
xp = 2; for the coaxial limit xp = zp = 1 is appropriate. Here g = m and 2y = 2 — m is used.
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Figure 12-9b. Mean drag coefficient for rotor in forward flight, low-stall.

In summary, the model for twin rotor ideal induced velocity uses Cr. = x1Cr; + 22C72 and the
correction factor Kwin. In hover, 2, = 1/(2 —m); in forward flight of coaxial and tandem rotors, z; = 1
for this rotor and xy = m or xy = 2 — m for the other rotor; in forward flight of side-by-side rotors,
zy = 1/(1+ ¢/2R)* (z = 1/2 if there is no overlap, ¢/2R > 1). In high-speed axial flight (propeller),
x, = xp, 1s used. The transition between hover, propeller, and forward flight is accomplished using

. - Tpp? + 2, Co A7 o zpp? + 2,CN;,
¢ 12+ Co)? p?+ CA3

with typically C' = 1 to 4. This transition is applied to « for both rotors, and to Kiyin -

With a coaxial rotor in hover, the lower rotor acts in the contracted wake of the upper rotor.
Momentum theory gives the ideal induced power for coaxial rotors with large vertical separation (ref. 15):
P, = Tyv,, v2 = T,/2pA for the upper rotor; and P, = (as/\/7)Tyve, vi = Ty/2pA for the lower rotor.

Here r = T;/T,; @ is the average of the disk loading weighted by the induced velocity, hence a measure
of nonuniform loading on the lower rotor (& = 1.05 to 1.10 typically); and the momentum theory solution

1S
O 1 ————

The optimum solution for equal power of the upper and lower rotors is ast = 1, giving r = T, /T,, = 2/3.
Hence for the coaxial rotor in hover the ideal induced velocity is calculated from Cr. = Crp,, for the
upper rotor and from Cr. = (as//7)?>Cr, for the lower rotor, with ryin = 1. Thusz;, = 1/(2—m) = 1/2
and the input hover ki, is not used, unless the coaxial rotor is modeled as a tandem rotor with zero
longitudinal separation.

For multiple rotors, the model for ideal induced velocity is extended to use Cr. = > z,,Cr,, (SUm
over all rotors, scaled with square of tip speed), and the correction factor kyin. The thrust factors x,,
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and correction factor «iyi, are input for hover, propeller, and forward flight; with the transition between
hover, propeller, and forward flight as above using C and C,,.

12-5.2 Table Performance Method

The induced power is calculated from the ideal power: P; = £Piqea1 = kfpTidear- The induced
power factor  is obtained from an input table (linearly interpolated) that can be a function of up to three
independent variables. Optionally x from the equations can be retained as an increment to the table
value.

The profile power is calculated from a mean blade drag coefficient: P, = pA(QR)3Cp, =
pA(QR)3 ZCameanF'p. The mean drag coefficient cimean, Or alternatively cameanF'r = 8Cpo/0, is Ob-
tained from an input table (linearly interpolated) that can be a function of up to three independent
variables. Optionally cgmean from the equations can be retained as an increment to the table value.

The independent variables can be velocity magnitude V/V;,, horizontal velocity V;, / Vi, , edgewise
advance ratio p (hub plane or tip-path plane), axial velocity ratio p, (hub plane or tip-path plane), shaft
angle of attack o = tan=!(u,/u) (hub plane or tip-path plane), blade loading Cr /o, lift offset M, /TR,
tip Mach number M,;,, or advancing tip Mach number M,,. The thrust value used in the table can
include download. The thrust value used in the table can include ground effect (thrust divided by x,),
or the power result from the table can include ground effect (power multiplied by f,).

12-5.3 Power Adjustments

Rotor power adjustments are associated with wing interference (P, ), propulsive force efficiency
(Py), and climb efficiency (P,).

The interference power can be produced by interactions from the wing. The component of the
wing interference velocity v{; parallel to the rotor force vector F'** (velocity roughly normal to the rotor
disk) produces a power change P,, = vl ,F. The component of the interference velocity perpendicular
to the rotor force vector (velocity roughly in the plane of the rotor disk) produces interference through
the swirl, hence P, « (V/Q2R)|ving||F|. Thus the interference power is calculated from

Vv
Py = ~Kinin0haF + Kinto g5/ (vinal | F))? = (05, F)?

Separate interference factors K, are used for the two terms. Kjy,q, is negative for favorable interference.

An effect of propulsive force on the rotor induced and profile power can be included in terms of an

efficiency #:
P;=VAD (1 — 1)
n

where AD = q(D/q— (D/q)set) , and the reference propulsive force (D /q).cs corresponds to the baseline
profile and induced power models. In terms of the rotor wind axis forces, the propulsive force is here
D =-X (or D =—Xcosa. — Lsina, in climb, tan o, = V./V},). The efficiency is a function of rotor
speed and blade loading, 7(Cr /o, V/V4ip). This increment is intended for use with the table model for
the reference propulsive force.

The main rotor propulsive power P, = — XV includes the climb power P, = W V., and the influence
of climb on the induced power is contained in vige,) and the appropriate terms of x. Alternatively, the
influence of climb on induced and profile power can be obtained from an efficiency factor feimp as a
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function of V. /vp: P — Pievel = We Ve felimnb- In high speed flight, climb or descent does not change the
induced velocity much, so the net change in induced power due to climb would be Wg V. (fetimp — 1)-
In low speed flight or axial climb, the induced velocity is influenced by climb rate. Let the difference
between the ideal induced velocity and the level flight induced velocity be vigeal — vVievel = vpz. Then
the net change in power due to climb is P, = Wg Ve (feiimp — 1) — kTvpx. In axial climb

Videal — Vlevel = *‘/;/2 + (‘/;/2)2 + ’U}2L — VUp = VUp <7VC/’Uh2 =+ £/ (‘/C/’UhQ)Z +1-— 1) = UpT
In forward flight, vjeye is evaluated as for vigea;, but with p, = 0. With multiple main rotors, P, for each

rotor is obtained from W¢ /Nyotor. This climb power increment is intended for use with the table model
for level flight power.

12-6 Power Required and Reaction Drive

The total rotor power required is P,., = P; + P, + P, + P,. In most helicopter designs the power
is delivered to the rotor by a mechanical drive, through the rotor shaft torque. Such designs require a
transmission and a means for balancing the main-rotor torque. The shaft power is Pshage = Preq, Which
contributes to the propulsion group power required, P,.,pq, and produces a torque on the aircraft.

An alternative is to supply the power by a jet reaction drive of the rotor, using cold or hot air
ejected out of the blade tips or trailing edges. Helicopters have also been designed with ram jets on the
blade tips, or with jet flaps on the blade trailing edges that use compressed air generated in the fuselage.
Since there is no torque reaction between the helicopter and rotor (except for the small bearing friction),
no transmission or antitorque device is required, resulting in a considerable weight saving. With a jet
reaction drive, the propulsion system is potentially lighter and simpler, although the aerodynamic and
thermal efficiency are lower. The helicopter must still have a mechanism for yaw control. With reaction
drive the shaft power iS Pyag, = Preq — Preact» Where the reaction power P, contributes to the engine
group or jet group power required. The reaction drive produces a force Fi..; on the rotor blades at
effective radial station ryeact, SO Preact = Q7react Freact- MOmentum balance gives the total force

= z [m(VmaCt - ereact)€¢ - mVeI]

where e, and e, are unit vectors perpendicular to the blade and in the free stream direction; and the
sum is over all blades. The average force in the nonrotating frame is the drag of the inlet momentum
(Threact V'), Which is accounted for in the engine group or jet group model. The mean in the rotating
frame gives the total jet force required

Frcact = Myreact (‘/rcact - ercact)

The net reaction force Fie.c iS a control of the rotor component. The gross thrust (momentum flux)
required is supplied by the compressor or jet:

FGreq = mreact‘/react = Freact + mreacthreact
The compressor model also gives the engine group power needed to produce Fg,.q. The engine group

or jet group performance includes the efficiency of the blade duct and nozzle, perhaps even with tip
burning. If the reaction drive is turned off (Fieact = 0), then the rotor must be trimmed such that P,., = 0.
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12-7 Performance Metrics

Several performance metrics are calculated for each rotor. The induced power factoris x = P;/Pgcal -
The rotor mean drag coefficient is ¢; = (8Cp,/0)/Fp, using the function F'(u, 11.) given previously. The
rotor effective lift-to-drag ratio is a measure of the induced and profile power: L/D. = VL/(P; + P,).
The hover figure of meritis M = T fpv/P. The propeller propulsive efficiency isn = P,/P = —XV/P.
These two metrics can be combined as a momentum efficiency: nmom = T(V + w/2np)/P, where
w/2np = fwv/2np = fpv.

12-8 Interference

The rotor can produce aerodynamic interference velocities at the other components (fuselage, wings,
and tails). The induced velocity at the rotor disk is xv;, acting opposite the thrust (z-axis of tip-path
plane axes). So v}, = —k"kv;, and o[, = CFPvl . The total velocity of the rotor disk relative to the
air consists of the aircraft velocity and the induced velocity from this rotor: v, = v — o[ . The
direction of the wake axis is thus e, = —CPFo[ | /|vl | (for zero total velocity, ef, = —k*" is used).

The angle of the wake axis from the thrust axis is x = cos™! |(kF)Tel].

The interference velocity vf, at each component is proportional to the induced velocity v, (hence
is in the same direction), with factors accounting for the stage of wake development and the position of
the component relative to the rotor wake. The far wake velocity is w = fwv;, and the contracted wake
areais A, = TR? = A/ f4. The solution for the ideal inflow gives fy and f4. For an open rotor, fi- = 2.
For a ducted rotor, the inflow and wake depend on the wake area ratio f,4, or on the ratio of the rotor
thrust to total thrust: fr = Tiotor/T'. The corresponding velocity and area ratios at an arbitrary point on
the wake axis are f,, and f,, related by

¢ (fvem)? + (fvapz +Xi)?

Vortex theory for hover gives the variation of the induced velocity with distance z below the rotor disk:

Y z/R
v = v(0) (1 + AT (Z/R)2>

With this equation the velocity varies from zero far above the disk to v = 2v(0) far below the disk. To
use this expression in edgewise flow and for ducted rotors, the distance z/R is replaced by (,,/t R, where
Cw 1s the distance along the wake axis, and the parameter ¢ is introduced to adjust the rate of change (¢
small for faster transition to far wake limit). Hence the velocity inside the wake is f,,v;, where

Cw/tR o <0
1+ (Cw/tR)?
fw = foz = /tR
1 (fur — 1) ——2 (o> 0

1+ (Cw/tR)?

and the contracted radius is R, = R/+/fa.

The wake is a skewed cylinder, starting at the rotor disk and with the axis oriented by e£. The
interference velocity is required at the position 2% on a component. Whether this point is inside or
outside the wake cylinder is determined by finding its distance from the wake axis, in a plane parallel to



140 Rotor

the rotor disk. The position relative to the rotor hub is ¢£ = CPF(2E — 2 | ); the corresponding point on

the wake axis is ¢§ = el (,,. Requiring ¢£ and ¢f have the same 2 value in the tip-path plane axes gives

(EP)TCPF (25 — 2hp)
(k) Tey

Cw =
from which f., f., f.,and R, are evaluated. The distance r from the wake axis is then
r? = ()7 (€5 —€D) + (M7 (Eh - )’

The transition from full velocity inside the wake to zero velocity outside the wake is accomplished in
the distance sR.., using

1 r <R,
fr=91-(r—Rc)/(sR.)
0 r>(1+s)R.

(s = 0 for an abrupt transition, s large for always in wake).

The interference velocity at the component (at z%) is calculated from the induced velocity v,
the factors fy f. accounting for axial development of the wake velocity, the factor f, accounting for
immersion in the wake, and an input empirical factor Kj:

'Uil;;t = Kint fozfrft vi};d

An additional factor f; for twin rotors is included. Optionally the development along the wake axis
can be a step function (fw f. = 0, 1, fw above the rotor, on the rotor disk, and below the rotor disk,
respectively); nominal (¢ = 1); or use an input rate parameter ¢. Optionally the wake immersion can use
the contracted radius R, or the uncontracted radius R; can be a step function (s = 0, s0 f. = 1 and 0
inside and outside the wake boundary); can be always immersed (s = co so f,. = 1 always); or can use
an input transition distance s. Optionally the interference factor K, can be reduced from an input value
at low speed to zero at high speed, with linear variation over a specified speed range.

To account for the extent of the wing or tail area immersed in the rotor wake, the interference
velocity is calculated at several points along the span and averaged. The increment in position is
AZE = CFB(0Ay0)T, Ay = (b/2)(—1 + (2i — 1)/N) for i = 1 to N; where b is the wing span. The
average interference is calculated separately for each wing panel (left and right), by interpolating the
interference velocity at N points along the wing to N/2 points along the panel span.

For twin main-rotors (tandem, side-by-side, or coaxial), the performance may be calculated for
the rotor system, but the interference velocity is still calculated separately for each rotor, based on
its disk loading. At the component, the velocities from all rotors are summed, and the total used to
calculate the angle of attack and dynamic pressure. This sum must give the interference velocity of
the twin rotor system, which requires the correction factor f;. Consider differential momentum theory
to estimate the induced velocity of twin rotors in hover. For the first rotor, the thrust and area in the
non-overlap region are (1—m)T; and (1 —m) A, hence the induced velocity is v; = k+/T1/2pA; similarly
Vg = n\/m. In the overlap region the thrust and area are mT; + mT, and mA, hence the induced
velocity is v, = k+/(T1 + T2)/2pA. So for equal thrust, the velocity in the overlap region (everywhere
for the coaxial configuration) is /2 larger. The factor Kr is introduced to adjust the overlap velocity:
vm = k(Kr/V2)\/(Ti + T2)/2pA. The interference velocities are calculated separately for the two
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rotors, with the correction factor f;: ving1 = fir/T1/2pA and vinge = fiky/T2/2pA. The sum ving; + vingo
must take the required value. Below the non-overlap region, the component is in the wake of only one
of the rotors, so the interference velocity from the other rotor is zero, and thus f; = 1. Below the overlap
region, the component is in the wake of both rotors, and the sum of the interference velocities equals v,,
if

_ Kp/V2

VYR

where 7,, = T,,/(11 + T3) is the thrust ratio. For equal thrusts, f;;, = Kr/2; or fi, = 1/ V2 for the
nominal velocity. The expression f;, = fyj, cos? x +sin? x gives the required correction factor, with f, = 1
in edgewise flight. Optionally the correction for twin rotors can be omitted ( f; = 1); nominal (K7 = v/2);
or use an input velocity factor in the overlap region (Kr).

Jfn

12-9 Stoppable Rotor

The rotor can stoppable, hence for each flight state operated rotating, stopped, stopped and stowed,
or stopped as wing.

a) Stopped: The rotor flapping, forces, and power are zero. Alternate stopped
hub drag area or coefficient is used. The stopped blade drag is obtained from the
coefficient Cppiaqe, based on the geometric blade area Apjage = o4 A.

b) Stopped and stowed: The rotor flapping, forces, and power are zero. Alternate
stowed hub drag area or coefficient is used.

c) Stopped as a wing: The rotor flapping, forces, and power are zero. The hub drag
is zero. The aerodynamic loads are obtained from a wing model (in other operating
modes the loads from this wing are zero). The wing area is the geometric blade area,
and the wing span is 2R (R for one-bladed rotor). The wing has only one panel.
The weight from the wing model is zero.

In rotating mode operation, the basic rotor model gives the flapping, forces, and power.

12-10 Drag

The rotor component includes drag forces acting on the hub and spinner (at z{ ;) and on the pylon
(at zg;lon). The component drag contributions must be consistent. In particular, a rotor with a spinner
(such as on a tiltrotor aircraft) would likely not have hub drag. The pylon is the rotor support and the
nacelle is the engine support. The drag model for a tiltrotor aircraft with tilting engines would use the
pylon drag (and no nacelle drag), since the pylon is connected to the rotor shaft axes; with non-tilting

engines it would use the nacelle drag as well.

The body axes for the drag analysis are rotated about the y-axis relative to the rotor shaft axes:
CBF = 0BSCSF  where CP% =Y_g4 .. The pitch angle 6,.; can be input, or the rotation appropriate for
a helicopter rotor or a propeller can be specified.

a) Consider a helicopter rotor, with the shaft axes oriented z-axis up and z-axis
downstream. It is appropriate that the angle of attack is o = 0 for forward flight and
a = —90 deg for hover, meaning that the body axes are oriented z-axis down and
x-axis forward. Hence 6, = 180 deg.

b) Consider a propeller or tiltrotor, with the shaft axes oriented z-axis forward and



142 Rotor

x-axis up. It is appropriate that the angle of attack is &« = 0 in cruise and « = 90 deg
for helicopter mode (with a tilting pylon), meaning that the body axes are oriented
z-axis down and z-axis forward. Hence 6, = 90 deg.

The aerodynamic velocity relative to the air is calculated in component axes, vZ. The angle of attack
« and dynamic pressure ¢ are calculated from vZ. The reference areas for the drag coefficients are the
rotor disk area A = 7 R? (for hub drag), pylon wetted area Spy10n, ducted wetted area 2.Sq,ct, and spinner
wetted area Sgpin; these areas are input or calculated as described previously.

The hub drag can be fixed, specified as a drag area D/q; or the drag can be scaled, specified as a
drag coefficient Cp based on the rotor disk area A = 7R?; or the drag can be estimated based on the
gross weight, using a squared-cubed relationship or a square-root relationship. Based on historical data,
the drag coefficient Cp = 0.004 for typical hubs, Cp = 0.0024 for current low-drag hubs, and Cp =
0.0015 for faired hubs. For the squared-cubed relationship: (D/q)nub = k((Warro/Nrotor)/1000)%/3
(where Wisro/Nrotor 18 the maximum takeoff gross weight per lifting rotor; units of k are ft2/k-1b2/3 or
m?2/Mg?/?). Based on historical data, k = 1.4 for typical hubs, k& = 0.8 for current low-drag hubs, and
k = 0.5 for faired hubs (English units). For the square-root relationship: (D/q)nub = kv/Warro/Nrotor
(where W10 /Nrotor i the maximum takeoff gross weight per lifting rotor; units of k are ft>/Ib'/2 or
m?/kg'/?); based on historical data (ref. 16), k = 0.074 for single rotor helicopters, k = 0.049 for tandem
rotor helicopters (probably a blade number effect), £ = 0.038 for hingeless rotors, and & = 0.027 for faired
hubs (English units). To handle multi-rotor aircraft, the scaling weight w = Wysro/Nyotor 18 calculated
as for disk loading: w = fw Wro for main-rotors or w = f7 for antitorque and auxiliary-thrust rotors.

The hub vertical drag can be fixed, specified as a drag area D/g; or the drag can be scaled, specified
as a drag coefficient Cp based on the rotor disk area A = mR?.

The pylon forward flight drag and vertical drag are specified as drag area or drag coefficient, based
on the pylon wetted area. The duct forward flight drag and vertical drag are specified as drag area or drag
coefficient, based on the duct wetted area. The spinner drag is specified as drag area or drag coefficient,
based on the spinner wetted area. For a stopped rotor, alternate values of the hub drag are used, plus
a stopped blade drag coefficient Cppiaqe based on the geometric blade area. For a stopped and stowed
rotor, alternate values of the hub drag are used. For a rotor stopped as a wing, the hub drag is zero and
the aerodynamic loads obtained from a wing model.

The drag coefficient for the hub or pylon or duct at angle of attack « is
Cp =Cpo+ (CDV — CD0)| SiIlOé|Xd

Optionally the variation can be quadratic (X; = 2). For sideward flight, Cppu, = Cpo for the hub,
Cppylon = Cpy for the pylon, and Cpauet = Cpv for the duct. Then the total component drag force is

D = qACDphub + ¢SpyionCDpylon + ¢Sduct Coduct + ¢SspinCDspin + ¢AbladeCDblade

The dynamic pressure and position of the hub are used for the duct and spinner. The force and moment
produced by the drag are

F

where Az" = 2F — 2F (separate locations are defined for the rotor hub and for the pylon), and e, is the

drag direction. The velocity relative to the air gives e; = —v*/|v’| (no interference).
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12-11 Weights

The rotor configuration determines where the weights occur in the weight statement, as summarized
in table 12-3. The rotor group consists of blade assembly, hub and hinge, fairing/spinner, blade fold
structure, inter-rotor shaft, rotor support, and duct. The tail-rotor (in empennage group) or the propeller/
fan installation (in propulsion group) consists of blade assembly, hub and hinge, rotor support, and duct.

There are separate weight models for main-rotors, tail-rotors, and auxiliary-thrust systems (pro-
pellers). The tail-rotor model requires a torque calculated from the drive system rated power and
main-rotor rotational speed: Q = Ppsiimit/ms. The auxiliary-thrust model requires the design max-
imum thrust of the propeller. The engine section or nacelle group includes the engine support weight
and pylon support weight; these must be consistent with the use of the rotor support structural weight.

Table 12-3. Principal configuration designation.

configuration weight statement weight model performance model
main-rotor rotor group rotor rotor
tail-rotor empennage group tail-rotor rotor
propeller propulsion group rotor, aux thrust rotor

The flap moment of inertia I;, and the Lock number « = pacR*/I, are required for the blade motion
solution. Several options are implemented to calculate I,. The Lock number can be specified, and
then I, = pacR*/~ used, independent of the blade weight; this is the only option for the tail-rotor and
auxiliary-thrust weight models, which do not give separate blade and hub weight estimates. The moment
of inertia I, can be calculated from the blade weight and the weight distribution. The Lock number
can be specified, hence I, = pacR*/~, and then mass added to the blade to achieve this value. An
autorotation index Al = KE/P = NI,Q%/P can be specified, hence the required I,,, and then mass
added to the blade to achieve this value. Reference 17 describes this and other autorotation indices;
AI = KE/P > 3 sec gives good autorotation characteristics for small helicopters.

In order to increase the moment of inertia, a tip weight W, can be added to each blade at radial
station r;. Thus the total blade weight is W}, = xwy, + dW,, + (1+ f)W: N (1b or kg); where wy, is the blade
weight estimate, x the technology factor, dWW,, a specified weight increment; and the factor f accounts for
the blade weight increase required by the centrifugal force due to W;. The mass per blade is M, = W, /N
(slug or kg), or My, without the tip weight. The blade moment of inertia is

I, = R*(r3(Myo + fMy) + 17 My) = Iyo + R*(ri + fr3) M,

where 7, is the radius of gyration of the distributed mass. Typically ry = 0.6; ro = 1/v/3 = 0.577
for uniform mass distribution. If the required moment of inertia I, is greater than I,o, the tip mass
M, is needed. Additional mass is required inboard to react the centrifugal force increase due to M.
This additional mass is less effective than M, at increasing I,. Assume a fraction a of the blade mass
reacts the centrifugal force F, so AM /My, = aAF/F,. The reference values are My = R [ mdr and
Fy = Q*R? [ rmdr = Q*Rr1 My, where r; = . Then

My

AM =a——AF =a

1 ary /T
E) QQRTl

1 M; = fM;
—a

(Q2Rr AM + Q*Rr,M,) = a (AM + :—tMt> —
1



144 Rotor

With a = 1, f = 1. The tip mass required to produce AI, = I, — Iy is My = AIL/(R*(r + fr3)), and
the total blade weight increment is AW, = (1 + f)M;N (Ib or kg).
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Chapter 13

Wing

The aircraft can have one or more wings, or no wings.

13-1 Geometry

The wing is described by planform area S, span b, mean chord ¢ = S/b, and aspect ratio AR = b2/S.
These parameters are for the entire wing. The geometry is specified in terms of two of the following
parameters: S or wing loading W/S, b (perhaps calculated from other geometry), ¢, A& = v?/S. With
more than one wing, the wing loading is obtained from an input fraction of design gross weight,
W = fwWp. Optionally the span can be calculated from a specified ratio to the span of another wing; or
the span can be calculated from a specified ratio to the radius of a designated rotor, b = 2 fR. Optionally
the wing span can be calculated from an appropriate specification of all wing panel widths.

Optionally for the tiltrotor configuration, the wing span can be calculated from the fuselage and rotor
geometry: b = 2(f R+ dpus) + wres, Where R is the rotor radius (cruise value for variable-diameter rotor),
dsys the rotor-fuselage clearance, and we,s the fuselage width. Note that the corresponding option for the
rotor hub position is ynup = £(f R+ drus + Yowsys ). Optionally the wing span can be calculated from the
rotor hub position: b = 2|yn,up| (regardless of how the rotor position is determined). As implemented,
symmetry is not assumed; rather the radius or hub position of the outermost designated rotors is used.

The wing is at position z", where the aerodynamic forces act. The component axes are the aircraft
body axes, CBF = 1.

The wing planform is defined in terms of one or more wing panels (fig. 13-1). Symmetry of the
wing is assumed. The number of panels is P, with the panel index p = 1 to P. The wing span station 7 is
scaled with the semi-span: y = 1(b/2),n = 0to 1. Each panel is a trapezoid, with a straight aerodynamic
center and linear taper. The aerodynamic center locus (in wing axes) is defined by sweep A,; dihedral 6,,;
and offsets (xp,, z1,) at the inboard edge relative to the aerodynamic center of the previous panel. The
wing position 2% is the mean aerodynamic center. The offset (Z 4, Z4) of the mean aerodynamic center
from the root chord aerodynamic center is calculated (so the wing planform can be drawn; typically the
aerodynamic center is drawn as the quarter-chord). Outboard panel edges are at 1z, (input or calculated).
A panel is characterized by span b, (each side), mean chord ¢,, and area S, = 2b,¢, (both sides). The
taper is defined by inboard and outboard chord ratios, A = ¢/c,of (Where ¢, is a panel or wing reference
chord, depending on the options for describing the geometry).

The span for each panel (if there are more than two panels) can be a fixed input; a fixed ratio of the
wing span, b, = fi,(b/2); or free. The panel outboard edge (except at the wing tip) can be at a fixed input
position ygy; at a fixed station ng,, ¥, = e, (b/2); calculated from the rotor radius, y, = fR; calculated
from the fuselage and rotor geometry, y, = fR + drs + owrs (for a designated rotor); calculated from
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Figure 13-1. Wing geometry (symmetric, only right half-wing shown).

Wing

the hub position, y, = |ynub| (for a designated rotor); or adjusted. An adjusted station is obtained from
the last station and the span of this panel, y, = y,_1+ by, or y, = y,—1 + fop(b/2); or from the next station
and the span of the next panel, y, = yp1+1 — bp11 0T yp = Ypy1 — fo(p+1)(0/2). The specification of panel
spans and panel edges must be consistent, and sufficient to determine the wing geometry. Determining

the panel edges requires the following steps:

a) Calculate the panel edges that are either at fixed values (input, or from width, or from hub
position) or at fixed stations; root and tip edges are known.
b) Working from root to tip, calculate the adjusted panel edge y, if panel span b, or ratio f;,

is fixed, and if previous edge y,_1 is known.

¢) Working from tip to root, calculate the adjusted panel edge y, (if not yet known) if panel
span by, 1 OF ratio fy(,41) is fixed, and if next edge y, 1 is known.

At the end of this process, all edges must be known and the positions y,, must be unique and sequential.
If this geometry is being determined for a known span, then there must not be a fixed panel span or span
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ratio that has not been used. Alternatively, if the wing span is being calculated from the specification of
all panel widths, then the process must leave one and only one fixed panel span or span ratio that has not
been used. Since the wing span is to be calculated, each panel edge is known in the form y,, = ¢y +¢15/2.
Then the unused fixed panel span gives the equation (co + ¢1b/2)o — (¢o + ¢1b/2); = b, (subscript O
denotes outboard edge, subscript I denotes inboard edge), or the unused fixed panel span ratio gives the
equation (co + ¢1b/2)o — (co + ¢1b/2); = fpb/2, which can be solved for the semispan b/2.

To complete the definition of the geometry, one of the following quantities is specified for each
panel: panel area S,; ratio of panel area to wing area, f; = S,/S; panel mean chord c,; ratio of panel
mean chord to wing mean chord, f. = ¢,/c; chord ratios A\; = ¢y /crer and Ao = co/crer (taper); or free.
The total wing area equals the sum of all panel areas:

S=>"5, —|—SZfS+ZZbc,,—i—?chpr—&-chebe (A1 +20)

If there is one or more taper specification (and no free), then ¢, is calculated from this equation for S,
and the mean chord is ¢, = %(01 +co)= Cref%()\ 1+ Xo),Sp = 2byc,. If there is one (and only one) free
specification, then S, is calculated from this equation for S, and the mean chord is ¢, = S, /(2b,), with
cr = QCp/(l + Xo/A1),co = 2¢p, —c1.

Since the panels have linear taper (¢ = c,e\), the mean aerodynamic chord is

b/2 1
Sca = / dy = b/ 2 N2dn
—b/2 0

1 1
= bchefg(ﬁ +Ado +A5) Ay =) §(c? + crco +cb) 2b,

b/2 1
S = / cdy=1> Cref>\ dn
b2

1 1
= bzcrefg()\[ + o) An, = Z 5(01 + co) 2b,

These expressions are evaluated from panel ¢; and co, as calculated using Ay and Ao, or using the ratio
Ao/ A1 (crer may not be the same for all panels).

The mean aerodynamic center is the point where there is zero moment due to lift: z,CpS =
za [ ciedy = [ xeedy, with cep = £(y) the spanwise lift distribution. Thus

1

; ) (Ta —zac(n))dn=0

The locus of section aerodynamic centers x 4¢ is described by the panel sweep A, and the offset z;,, at
the inboard end of the panel. These offsets can be a fixed input, a fraction of the root chord, or a fraction
of the panel inboard chord. Assuming elliptical loading (¢ = /1 — n?) gives

1
s N b
Zf / E(n)xAcdn:Z/\/l—va(xjp—l-—tanApn) dn
0
1 . b
= Z [x1p§<n 1—n?+sin 177) - §tanA (1 o/ )3/2}
where Zr, = >0, (214 + (b/2) tan Ay 1 (0(g—1) — N1(q—1))) — (b/2) tan Apnr,. The vertical position of

the mean aerodynamic center is obtained in a similar fashion, from panel dihedral ¢, and offset z;, at
the inboard edge of the panel. Assuming uniform loading (¢ = 1) gives

1
~ b ~ b 1
ZA:/ zacdn = E /(21p+§tan6p77) dn = E [szn—i— §tan6p 5772}
0

no

nr

no

nr
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Then (Z 4, z4) is the offset of the mean aerodynamic center from the root chord aerodynamic center.
Finally,

A =tan~! (Z bb/—p2 tanAp)
§ = tan~* (Z bb/—p2 tanép)

2c

A= ~1

Croot

are the wing overall sweep, dihedral, and taper.

The wing contribution to the aircraft operating length is zwing + (0.25¢) cosi (forward), zywing —
(0.75¢) cos i (aft), and ywing £ b/2 (lateral).

13-2 Control and Loads

The control variables are flap 6, flaperon 4, aileron 4,, and incidence :. The flaperon deflection
can be specified as a fraction of flap deflection, or as an increment relative to the flap deflection, or
the flaperon can be independent of the flap. The flaperon and aileron are the same surface, generating
symmetric and antisymmetric loads, respectively, hence with different connections to pilot controls.

With more than one wing panel, each panel can have control variables: flap ér,, flaperon d¢,, aileron
dap, and incidence i,. The outboard panel (p > 2) control or incidence can be specified independently,
or in terms of the root panel (p = 1) control or incidence (either fraction or increment).

Each control is described by the ratio of the control surface chord to the wing panel chord, ¢y = ¢s/c,;
and by the ratio of the control surface span to wing panel span, f, = b;/b,, such that the control surface
area is obtained from the panel area by Sy = ¢4 f,S,,.

Optionally the wing can have flow control. The momentum coefficient C,, is a control, allowing it
to be connected to an aircraft control and thus set (or trimmed) for each flight state.

The wing position 2% can be the pivot of a wing tilted at incidence angle 4, with the aerodynamic
forces acting at 2%, and the wing center-of-gravity at zf; The aerodynamic center offset from the pivot
is specified as SL/BL/WL increments at zero incidence, so

—dSL —cosi(dSL) — sini(dWL)
=24y, | dBL | =2+ dBL
—dWL sin i(dSL) — cos ¢(dWL)

is where the wing velocity is evaluated and the wing forces act. The center of gravity offset from the
pivot is specified as SL/WL increments at zero incidence, so the aircraft center of gravity shift due to
wing tilt is

—dSL —(cosi — 1)(dSL) — sini(dWL)
r Wwing Wwing
A26927(Y,i—1) 0 :7 0
—dWL sin¢(dSL) — (cosi — 1)(dWL)

where W is the gross weight and W is the wing weight, and the aircraft center-of-gravity is specified
for zero wing tilt. This model for acrodynamic center and center of gravity shifts should only be used
when all wing panels have the same incidence.
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13-3 Aerodynamics

The aerodynamic velocity of the wing relative to the air, including interference, is calculated in
component axes, vZ. The angle of attack aving (hence CB4) and dynamic pressure g are calculated from
vB. The reference area for the wing aerodynamic coefficients is the planform area, S. The wetted area
contribution is twice the exposed area: Syet = 2(S — cwrys), Where wy,s is the fuselage width.

The wing vertical drag can be fixed, specified as a drag area (D/q)y; or the drag can be scaled,
specified as a drag coefficient Cpy based on the wing area; or calculated from an airfoil section drag
coefficient (for —90 deg angle of attack) and the wing area immersed in the rotor wake:

1
Cpy = g Caso (5 — Scenter — faoobrcr (1 — cosdr) — fagobysey(1 — cos 5f))

The term Scenter = ¢(weus + 2dsus) (Where wy,s is the fuselage width and dy,s the rotor-fuselage clearance)
is the area not immersed in the rotor wake, and is used only for tiltrotors. The last two terms account
for the change in wing area due to flap and flaperon deflection, with an effectiveness factor fqq0.

From the control surface deflection and geometry, the lift coefficient, maximum lift angle, moment
coefficient, and drag coefficient increments are evaluated: ACLy¢, Aamaxs, ACwmy, and ACpy. These
increments are the sum of contributions from flap and flaperon deflection, hence weighted by the control
surface area. The drag coefficient increment includes the contribution from aileron deflection.

The momentum coefficient C,, = mV; /¢S is a control of the wing, where 71V} is the momentum flux,
q is the free stream dynamic pressure, and S the wing area. The momentum flux (gross force) required
is supplied by the compressor or jet: Fgr.q = mV; = ¢SC,,. The engine group or jet group performance
includes the efficiency of the flow control ducts and nozzle. The compressor model also gives the engine
group power required to produce Fg,., (sSummed over all components with flow control). From the
momentum coefficient, the increments of lift coefficient, maximum lift angle, moment coefficient, and
drag coefficient are evaluated: ACL,,, Aamaxu, AChu, ACpy.

13-3.1 Lift

The wing lift is defined in terms of lift-curve slope Cr.., and maximum lift coefficient C,,,.x (based
on wing planform area). The three-dimensional lift-curve slope is input directly or calculated from the
two-dimensional lift-curve slope:

Cla

Cre = T 4 1) (AR

where 7 accounts for non-elliptical loading. Optionally the input incompressible lift-curve slope is
multiplied by the compressibility factor F.. The effective angle of attack is ae = awing + 7 — @5, Where
o, 18 the angle of zero lift; in reverse flow (Ja.| > 90), ae « @ — 180signa,. Let amax = CLmax/CrLa be
the angle-of-attack increment (above or below zero lift angle) for maximum lift. Including the change
of maximum lift angle caused by control deflection and flow control, Apax = Gmax + Amaxf + Amaxy
and Anin = —0max + Amaxs + Admax,. Then

CLOcae + AC'Lf + ACL[I, Amin < Qe < Amax

9 _
(CraAmax + ACLy + ACL,) max ( f77/—0¢e> e > Amax

0,
CrL = fW/Q*‘AmaX‘

Qe < Amin

fr/2 — o]
Arnin A A b 7 a1 A
(Cra T ACL; + ACLy) max (0 f7/2 — | Amin
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(for zero lift at f90 deg angle of attack, f = .9). Note that CroAmax + ACLy + ACL, = CraQmax +
ACLmaxf + ACLmaxu. In sideward flight, Cr, = 0. Finally, L = ¢SCY, is the lift force.

13-3.2 Pitch Moment

The wing pitch moment coefficient is Cyy = Carae + ACrrs + ACr,. Then M = ¢ScCyy is the
pitch moment.

13-3.3 Roll Moment

The only wing roll moment considered is that produced by aileron control. Typically the flaperon
and aileron are the same surface, but they are treated separately in this model. The aileron geometry is
specified as for the flaperon and flap, hence includes both sides of the wing. The lift coefficient increment
ACy, is evaluated as for the flaperon, so one-half of this lift acts up (on the right side) and one-half
acts down. The roll moment is then M, = 2(AL,/2)y, where y is the lateral position of the aileron
aerodynamic center, measured from the wing centerline (defined as a fraction of the wing semi-span).

The roll moment coefficient is Cy, = —lf/’—Q %ACLQ. Then M, = ¢qSbC, is the roll moment.
13-3.4 Drag

The drag area or drag coefficient is defined for forward flight and vertical flight. The effective
angle of attack iS c. = Quying + @ — @pPmin, Where apmin is the angle of minimum drag; in reverse flow
(Jae| > 90), v «— . — 180 signav.. For angles of attack less than a transition angle o, the drag coefficient
equals the forward flight (minimum) drag Cp, plus an angle of attack term and the control increment.
If the angle of attack is greater than a separation angle a, < «, there is an additional drag increase.
Thus if |a.| < a4, the profile drag is

Cpp = Cpo (1 + Kaloe|¥* + K,(|ae| — a)™*) + ACp. + ACpys + ACp,,
where the separation (K) term is present only for |a.| > a,; and otherwise
Cps = CDO (1 + Kd‘ozt|Xd =+ KS(|Ozt| — OLS)XS) + ACDC + ACDf =+ ACD;:,

Cpp = Cpi + (Cpy — Cpy) sin (g ':/2'7_22)
ACp. is the compressibility drag increment. Optionally there might be no angle of attack variation at low
angles (K = 0 and/or K, = 0), or quadratic variation (X4 = 2), or cubic variation for the separation term
(X, = 3). For sideward flight (v7 = 0) the drag is obtained using ¢, = tan'(—vZ/v[) to interpolate
the vertical coefficient: Cp = Cpg cos? ¢, + Cpy sin® ¢,. The induced drag is obtained from the lift
coefficient, aspect ratio, and Oswald efficiency e:

(CL — Cro)?

Cpi = TeAR

Conventionally the Oswald efficiency e represents the wing parasite drag variation with lift, as well as the
induced drag (hence the use of Cp). If Cp,, varies with angle of attack, then e is just the span efficiency
factor for the induced power (and Cp, should be zero). The wing-body interference is specified as a
drag area, or a drag coefficient based on the wing area. Then

D =¢SCp = qS(C’Dp + Cp; + C'ow)
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is the drag force. The other forces and moments are zero.

13-3.5 Wing Panels

The wing panels can have separate controls, different incidence angles, and different interference
from the rotors. Thus the lift, drag, and moment coefficients are evaluated separately for each panel,
based on the panel area S, and mean chord ¢,,. The coefficient increments due to control surface deflection
are calculated using the ratio of the control surface area to panel area, S¢ /.S, = ¢ f;. The lateral position
of the aileron aerodynamic center is 7,b, from the panel inboard edge, so y/(b/2) = ngp—1) +1abp/(b/2)
from the wing centerline. Then the total wing loads are:

L=2 45w,
M =" q,8,Carp
M, =" qpSpbCly
D = Z 4pSpCppp + (45)(Cpi + Cpuwb)

The sums are over all panels (left and right). The reference area is S = ) S,,, accounting for possible
absence of wing extensions. The total wing coefficients are based on (¢S) = > ¢,S,. The three-
dimensional lift-curve slope Cy,, is calculated for the entire wing and used for each panel. The induced
drag is calculated for the entire wing, from the total C,. Since CBF =1,

_ODpp - C(D7, - Cow
CFBOBAFA Z CBA 0
—Cy

is the wing aerodynamic force.

13-3.6 Interference

With more than one wing, the interference velocity at other wings is proportional to the induced
velocity of the wing producing the interference: vf, = Kol ,. The induced velocity is obtained
from the induced drag, assumed to act in the kZ direction: ajng = ving/|v?| = Cp;/CL = Cp/(meR),
vl | = CFBEB|vB|ay,q. For tandem wings, typically Kj,, = 2 for the interference of the front wing on
the aft wing, and Kj,; = 0 for the interference of the aft wing on the front wing. For biplane wings, the
mutual interference is typically Kj,. = 0.7 (upper on lower, and lower on upper). The induced drag is

then €y — Cpo?
L —YLo
“rem  TOr 2 am

other wings

Cr
Qint = Kintaind = Kint <—43L
e other wing

Cpi =

The induced velocity from the rotors is included in the angle of attack of the wing. The rotor interference
must also be accounted for in the wing induced power:

(Cr — Cro)?

Cpi = meAR

Z Klntalnd + Z Clntalnd]

other wings rotors

The angle «j,q = vina/V is obtained from the rotor induced velocity A;. If the interference is wing-like,
Vind = QRKA; (S0 ving o L/pb?V o T/2pAV). If the interference is propeller-like, vi,g = VA (s0
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Vind ¢ I'/b o< T/2pAQR). The interference factor can be evaluated from wing induced drag calculations:
Cint = ACp;/(CrrX;/ ) or Ciny = ACp;/(Crk);). Typically for tiltrotors the interference is wing-like,
with Ciny = —0.06.

The wing interference at the tail produces an angle-of-attack change ¢ = FE(C/CL.), Where
E = de/da is an input factor determined by the aircraft geometry. Then from the velocity v? of the
wing,
—evB
vho=CcfB | 0
evf

is the interference velocity at the tail.

The wing interference at the rotor can produce interference power. The induced velocity at the rotor
disk is vl = Kinvl ,, with of ; = CFBEP|vB|a;,q again. Separate interference factors K;, are used
for the components of the interference velocity parallel to and perpendicular to the rotor force vector
(roughly normal to and in the plane of the rotor disk).

13-4 Wing Extensions

The wing can have extensions, defined as wing portions of span bx at each wing tip. For the
tiltrotor configuration in particular, the wing weight depends on the distribution of wing area outboard
(the extension) and inboard of the rotor and nacelle location. Wing extensions are defined as a set of
wing panels at the tip. The extension span and area are the sum of the panel quantities, bx = )" __, b,
and Sx = > .., Sp. The inboard span and area are then by = b — 2bx, S; = S — Sx. Optionally
the wing extensions can be considered a kit, hence the extensions can be absent for designated flight
conditions or missions. As a kit, the wing extension weight is considered fixed useful load. With wing
extensions removed, the aerodynamic analysis considers only the remaining wing panels. The total wing
coefficients are then based on the area without the extensions. For the induced drag and interference,
the effective aspect ratio is then reduced by the factor (b;/b)?, since the lift and drag coefficients are still
based on total wing area S.

13-5 Wing Kit

The wing can be a kit, the kit weight an input fraction of the total wing weight. The wing kit
weight can be part of the wing group, or considered fixed useful load. With the kit removed, there are
no aerodynamic loads or aerodynamic interference generated by the wing, and the wing kit weight is
omitted.

13-6 Weights

The wing group consists of: basic structure (primary structure, consisting of torque box and spars,
plus extensions); fairings (leading edge and trailing edge); fittings (non-structural); fold/tilt structure;
and control surfaces (flaps, ailerons, flaperons, and spoilers). There are separate models for a tiltrotor
or tiltwing configuration and for other configurations (including a compound helicopter).

The AFDD wing weight models are based on parameters for the basic wing plus the wing tip
extensions (not the total wing and extensions). The tiltrotor wing model requires the weight on the wing
tips (both sides), consisting of: rotor group, engine system, drive system (except drive shaft), engine
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section or nacelle group, air induction group, rotary wing and conversion flight controls, hydraulic group,
trapped fluids, and wing extensions. An adjustment (factor and increment) of this calculated weight can

be used; a negative increment is required when the engine and transmission are not at the tip location
with the rotor.
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Chapter 14

Empennage

The aircraft can have one or more tail surfaces, or no tail surface. Each tail is designated as
horizontal or vertical, affecting some parameter definitions.

14-1 Geometry

The tail is described by planform area S, span b, chord ¢ = S/b, and aspect ratio AR = b?/S. The
tail volume can be referenced to rotor radius and disk area, V' = S¢/RA; to wing area and chord for
horizontal tails, V' = S¢/S,,c,; or to wing area and span for vertical tails, V' = S¢/S,,b,,. Here the tail
length is ¢ = |xps — 2cq| OF £ = |24y — 24| for horizontal tail or vertical tail, respectively. The geometry
is specified in terms of S or V; and b, or AR, or c. The elevator or rudder is described by the ratio of
control surface chord to tail chord, ¢s/c; and the ratio of control surface span to tail span, b /b.

The tail contribution to the aircraft operating length is z,;; + 0.25¢ (forward), z4,;; — 0.75¢ (aft), and
Ytait = (b/2)C (lateral), where C' = cos ¢ for a horizontal tail and C' = cos(¢ — 90) for a vertical tail.

14-2 Control and Loads

The tail is at position 2z, where the aerodynamic forces act. The scaled input for tail position can
be referenced to the fuselage length, or to the rotor radius.

The horizontal tail can have a cant angle ¢ (positive tilt to left, becomes vertical tail for ¢ = 90 deg).
Thus the component axes are given by CP¥ = X _,. The control variables are elevator §. and incidence
1.

The convention for nominal orientation of the vertical tail is positive lift to the left, so aircraft
sideslip (positive to right) generates positive tail angle of attack and positive tail lift. The vertical tail
can have a cant angle ¢ (positive tilt to right, becomes horizontal tail for ¢ = 90), so the component axes
are given by CP¥ = X _40,,. The control variables are rudder §, and incidence i.

14-3 Aerodynamics

The aerodynamic velocity of the tail relative to the air, including interference, is calculated in
component axes, vZ. The angle of attack a.; (hence C®4) and dynamic pressure q are calculated from
vB. The reference area for the tail acrodynamic coefficients is the planform area, S. The wetted area
contribution is Syt = 25. From the elevator or rudder deflection and geometry, the lift coefficient,
maximum lift angle, and drag coefficient increments are evaluated: ACL s, Aamaxs, and ACpy.
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14-3.1 Lift

The tail lift is defined in terms of lift-curve slope C,, and maximum lift coefficient Cr,.x (based
on tail planform area). The three-dimensional lift-curve slope is input directly or calculated from the
two-dimensional lift-curve slope:

Coa

Cra =17 cta(l+7)/(7AR)

where 7 accounts for non-elliptical loading. Optionally the input incompressible lift-curve slope is
multiplied by the compressibility factor F,.. The effective angle of attack is a. = atan + ¢ — a;, Where
a; is the angle of zero lift; in reverse flow (Ja.| > 90), a, «— a, — 180signa.. Let amax = CLmax/CrLa be
the angle-of-attack increment (above or below zero lift angle) for maximum lift. Including the change of

maximum lift angle caused by control deflection, Anax = max + Atmaxs and Apin = —Amax + Admaxy-
Then
CLaae + ACVLf Amin <a < Amax
Jm/2 — o]
C aAmax AO 07 o 1A e > Amax
oy = (CL + ACLy) max( Fr/2 — A a
J7/2 — ||
aAmin A Yy e T 1A e Amin
(Cr + ACLy) max <0 Fr/2 — Al o <

(for zero lift at f90 deg angle of attack, f = .9). Note that CroAmax + ACLf = CraOmax + ACLmaxs. In
sideward flight (defined by (v52)? + (vP)? < (0.05[v®[)?), Cr, = 0. Finally, L = ¢SC, is the lift force.

14-3.2 Drag

The drag area or drag coefficient is defined for forward flight and vertical flight. The effective angle
of attack is ave = @il +7 — A pmin, Where apmin 18 the angle of minimum drag; in reverse flow (Ja.| > 90),
ae — a, — 180signa,. For angles of attack less than a transition angle o, the drag coefficient equals
the forward flight (minimum) drag C'pg, plus an angle-of-attack term and the control increment. Thus
if |ae| < a4, the profile drag is

CDp =Cpo (1 + Kd|Oée|Xd) + ACp. + ACDf

and otherwise
Cpi = Cpo (1 + Kqlaw|**) + ACp. + ACpy

LT ae] — «
Cpp =Cpt + (Cpv — Cpy) sin (5 71_/2—_05)

ACp, is the compressibility drag increment. Optionally there might be no angle-of-attack variation at
low angles (K, = 0), or quadratic variation (X, = 2). In sideward flight (defined by (v2)? + (v2)? <
(0.05]v7()?), the drag is obtained using ¢, = tan™'(—vZ/v?) to interpolate the vertical coefficient:
Cpp = Cpo cos? ¢, + Cpy sin® ¢,. The induced drag is obtained from the lift coefficient, aspect ratio,
and Oswald efficiency e:
(C = Cro)?

meAR
Conventionally the Oswald efficiency e can represent the tail parasite drag variation with lift, as well as
the induced drag (hence the use of Cr). Then

Cpi =

D =4¢SCp = qS(CDp + CDi)
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is the drag force. The other forces and moments are zero.

144 V-Tail

A V-tail is modeled as a pair of horizontal and vertical tails, each sized by area or tail volume. This
model follows references 1 and 2. The aerodynamic loads are calculated separately for each tail. The
weight is calculated only for the second tail, using the V-tail area and aspect ratio. The equivalence
of the V-tail and conventional tail gives Sj,; = Sy cos? 6 and S,; = Sy sin® §. Hence the V-tail dihedral
angle is § = tan~' \/S,¢/Sht, and the cant angle ¢ = 0 for both. Assuming the same aspect ratio for the
V-tail and horizontal tail, it follows:

Sy = Sht + Sut
ARy = A

and then the V-tail span is by = /ARy Sy = bp:/ cosd. The location (which should be the same for the
two tails) is the midpoint of the V-tail, vertically and laterally. An upward V-tail and a downward V-tail
are identical in this model.

14-5 Weights

The empennage group consists of the horizontal tail, vertical tail, and tail-rotor. The tail plane
weight consists of the basic structure and fold structure. The tail weight (empennage group) model
depends on the configuration: helicopters and compounds, or tiltrotors and tiltwings. Separate weight
models are available for horizontal and vertical tails.

The AFDD tail weight model depends on the design dive speed at sea level (input or calculated).
The calculated dive speed is Vgive = 1.25Viax, from the maximum speed at the design gross weight and
sea level standard conditions.

14-6 References

1) Raymer, D.P. Aircraft Design: A Conceptual Approach. Fourth Edition. Reston, Virginia: American
Institute of Aeronautics and Astronautics, 2006.

2) Purser, PE., and Campbell, J.P. “Experimental Verification of a Simplified Vee-Tail Theory and
Analysis of Available Data on Complete Models with Vee Tails.” NACA Report 823, 1945.
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Chapter 15

Propulsion System

The aircraft propulsion system can be constructed from a number of components: propulsion
groups, engine groups, jet groups, charge groups, and fuel tank systems. Figure 15-1 illustrates the
configuration possibilities.

The aircraft can have one or more propulsion groups, or none. Each propulsion group is a set of
components (rotors) and engine groups, connected by a drive system. The components define the power
required, and the engine groups define the power available. There are one or more drive states, with a
set of gear ratios for each state. The power required equals the sum of component power, transmission
losses, and accessory losses.

An engine group consists of one or more engines of a specific type. An engine group transfers
power by shaft torque, so it is associated with a propulsion group. For each engine type an engine
model is defined. The engine model describes a particular engine, used in one or more engine groups.
The models include turboshaft engines (perhaps convertible, for turbojet operation or reaction drive),
reciprocating engines, compressors, electric motors, electric generators, and generator-motors.

The aircraft can have one or more jet groups, or none. A jet group produces a force on the aircraft.
A jet model describes a particular jet, used in one or more jet groups. The models include turbojet and
turbofan engines (perhaps convertible, for reaction drive), reaction drive, and a simple force. A reaction
drive supplies a blade force that provides the rotor power required.

The aircraft can have one or more charge groups, or none. A charge group generates energy for the
aircraft. A charge model describes a particular charger, used in one or more charge groups. The models
include fuel cells, solar cells, and a simple charger.

There are one or more fuel tank systems for the aircraft. Fuel tank systems are associated with
the engine groups, jet groups, and charge groups. Fuel quantity is measured as either weight or energy.
Fuels considered include jet fuel, gasoline, diesel, and hydrogen. Storage systems considered include
batteries, capacitors, and flywheels.

15-1 Referred Performance

Referred performance parameters are used for propulsion system components that operate with air.
The operating condition and atmosphere give the standard conditions (temperature T4 and pressure
psta) for a specified pressure altitude; the sea-level standard conditions (temperature Ty and pressure p);
and the operating temperature 7" and pressure p. Here the temperatures are °R or °K. The performance
characteristics depend on the temperature ratio ¢ = 7'/T; and pressure ratio § = p/py. The flight Mach
number M = V/c, = V/c4V/0 is obtained from the aircraft speed V.
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Figure 15-1. Propulsion system components.
The referred or corrected performance parameters are:
P w
power — fuel flow —
V0o 5V
m F
mass flow — force —
5/ s
. P/m . N
specific power — rotational speed —
0 Vo

where P is power, 7 is mass flow, w is fuel flow, F' is a force, and N is a rotational speed. The
performance at sea-level-standard static conditions is indicated by subscript 0.



Propulsion System 163

15-2 Engine Ratings

Engine performance depends on the engine rating. Each engine rating has specific operating
limitations, most importantly an operating time limit intended to avoid damage to the engine.

The power available from a turboshaft engine depends on the engine rating. Typical engine ratings
are given in table 15-1. Engine power is generally specified in terms of sea level standard (SLS) static
MCP. Takeoff typically uses MRP. CRP or ERP is restricted to use in one-engine inoperative (OEI)
emergencies.

Table 15-1. Typical turboshaft engine ratings.

rating description time limit
MCP maximum continuous power 00

IRP intermediate rated power 30 min
MRP maximum rated power 10 min
CRP contingency rated power 2.5 min
ERP emergency rated power 1.0 min

The thrust available from a turbojet or turbofan engine depends on the engine rating. Typical engine
ratings are given in table 15-2.

Table 15-2. Typical jet engine ratings.

rating description time limit
MCT maximum continuous thrust 00
MTO maximum takeoff thrust 5 min

15-3 Efficiency from Equivalent Circuit

The efficiency of an electrical device can be expressed in terms of its power by considering an
equivalent circuit, defined by internal resistance R and current Iy. The total voltage is V, = V + IR and
the total current is I, = I + Iy. Then the useful power is

P=VI= (Vx - IR)I = Vil — IQR — Vilo = Piotal — Ploss
and the efficiency is

P P B P
7Ptotal 7P+P10537P+P2R/V2+P0

In terms of a reference power, let
1 1
R/V? = ( — 1)
/ P, ref Mref

P():CPref

n

Then

1 P 1 Pref
Z=14+PR/V+P/P=1 -1 —
n * ( / )+ 0/ +Pref <77ref )+C P

Son = (1/nwet +¢)~ ' at P = P,¢. The efficiency decreases with P because of the internal resistance,
but is zero at P = 0 because of the internal current term.
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154 Control and Loads

Geometry and control are defined for engine groups, jet groups, and charge groups. The group
amplitude A and mode B are control variables:

A=Ay +Tscac
B =By +Tgcac

with Ay and By zero, constant, or a function of flight speed (piecewise linear input). The amplitude can
be power (engine group), thrust (jet group), or power (charge group). The mode can be mass flow (for
convertible engines), or power flow (for generator-motor).

The group orientation is specified by selecting a nominal direction ey, in body axes (positive or
negative z-, y-, or z-axis; usually thrust forward, hence positive z-axis); then applying a yaw angle 1;
and then an incidence or tilt angle ¢ (table 15-3). The yaw and incidence angles can be connected to the
aircraft controls c4¢:

¥ =10+ Tycac

1 =19+ Ticac
with ¢ and i zero, constant, or a function of flight speed (piecewise linear input). Hence the incidence
and yaw angles can be fixed orientation or can be control variables. Optionally the lateral position of
the group can be set equal to that of a designated rotor (useful for tiltrotors when the rotor hub lateral
position is calculated from the clearance or wing geometry).

The group produces a force 7', acting in the direction of the group; and a drag D, acting in the wind
direction. The group is at location 2. The force and moment acting on the aircraft in body axes are

thus:
FF =e;T +e4D

MF = AFFF

where Az = 2F — 2F ¢} is the force direction, and e is the drag direction. The velocity relative to the

air gives eq = —vf'/|[v’| (no interference). The group axes are CBF = U;V,,, where U and V' depend on
the nominal direction, as described in table 15-3. The force direction is e; = CFBey.

For a tiltrotor aircraft, one of the aircraft controls is the nacelle angle, with the convention ay;, = 0
for cruise and ay;r = 90 deg for helicopter mode. The incidence angle is then connected to ¢ by
defining the matrix 7; appropriately. If the nominal direction is defined for airplane mode (+z), then
1 = oy, should be used; if the nominal direction is defined for helicopter mode (—z), then i = ayjs — 90
should be used.

Table 15-3. Group orientation.

nominal (F axes) efo incidence, + for force yaw, + for force CBF = U,V
x forward i up right Y Zy

—x aft —i up right Y_iZ_y

y right J aft up ZiX_y

-y left —j aft up Z,in

z down k aft right Y X_y

—z up —k aft right Y Xy
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15-5 Nacelle Drag

An aerodynamic model is defined for engine groups, jet groups, and charge groups. The group
includes a nacelle, which contributes to the aircraft drag. The component drag contributions must be
consistent. The pylon is the rotor support and the nacelle is the engine support. The drag model for a
tiltrotor aircraft with tilting engines would use the pylon drag (and no nacelle drag), since the pylon is
connected to the rotor shaft axes; with non-tilting engines it would use the nacelle drag as well.

The nacelle drag acts at the group location z¥". The nacelle axes are the group axes, hence CBF
is calculated as described previously (see table 15-1). For the nominal direction forward (+z-axis), the
nacelle z-axis is downward and the z-axis is forward; zero incidence angle corresponds to zero angle of
attack; and 90 deg incidence angle corresponds to 90 deg angle of attack (vertical drag). The velocity,
angle of attack, and dynamic pressure are calculated at the nacelle (without interference). The reference
area for the nacelle drag coefficient is the nacelle wetted area. The wetted area is input, or calculated
from the weight w:

Set = k(w/N)>*
where N is the number of engines, jets, or chargers; and the units of k are ft?/Ib%/% or m?/kg?/3. The
reference area is then Sy, = NSye;. The nacelle area is included in the aircraft wetted area if the drag
coefficient is nonzero. The drag area or drag coefficient is defined for forward flight and for vertical
flight. The drag coefficient at angle of attack « is

Cp =Cpo+ (CDV —CD())lSiIlOéle

typically using X, = 2. In sideward flight, Cp = Cpg is used. The nacelle drag is Dy.c = ¢SnacCh.
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Chapter 16

Fuel Tank

The fuel quantity stored and burned can be measured in weight or energy. Each component (engine
group, jet group, charge group, or equipment) that uses or generates fuel is associated with a fuel tank
system of the appropriate type. The unit of fuel energy is Mega-Joules (MJ). For reference, 1 British
Thermal Unit (BTU) = 1055.056 Joule and 1 kW-hr = 3.6 MJ.

16-1 Fuel Tank System Store and Burn Weight

For fuel use measured by weight, the fuel properties are density pr,e; (Weight per volume, 1b/gal or
kg/liter) and specific energy egy) (MJ/kg). Table 16-1 gives the properties of a number of aviation fuels,
based on military and industry specifications (refs. 1-3). Fuels considered include jet fuel, gasoline,
diesel, and hydrogen. From the fuel weight Wy, the energy is Fruel = efuel Wiuel (MJ) and the volume
1S Vel = Whuel/ pruel (gallons or liters). A motive device has a fuel flow w (Ib/hour or kg/hour), and its
specific fuel consumption is sfc = w/P or sfc = w/T.

16-1.1 Fuel Capacity

The fuel tank capacity Wiyel—cap (maximum usable fuel weight) is determined from designated
sizing missions. The maximum mission fuel required, Wiyel—miss (€xcluding reserves and any fuel in
auxiliary tanks, and ignoring any refueling), gives

quel—cap = max(.ffuel—capquel—missa quel—miss + Wreserve)

or from mission fuel plus reserves

quelfcap = dfuelfcap + ffuelfcap(quelfmiss + Wreserve)

or from maximum fuel quantity in the tank during the mission

quelfcap = dfuelfcap + ffuelfcapruelfmax

where fruel—cap > 0 is an input factor and drue1—cap > 0 1S an input increment. Alternatively, the fuel
tank capacity Wiyei—cap can be input. The corresponding volumetric fuel tank capacity iS Viyel—cap =
quel—cap/pfuel .

For missions that are not used to size the fuel tank, the fuel weight may be fallout, or the fuel weight
may be specified (with or without auxiliary tanks). The fuel weight for a flight condition or the start of
a mission can be specified as an increment d, plus a fraction f of the fuel tank capacity, plus auxiliary
tanks:

qucl = min(dfucl + ffuchfuclfcapa quclfcap) + § NauxtankWauxfcap
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where W,ux—cap 18 the capacity of each auxiliary fuel tank. The fuel capacity of the wing can be estimated
from

Wiel —wing = Ptuet Y fCbtuwbu
where ¢y, is the torque box chord, ¢,, the wing thickness, and b,, the wing span; and f is the input fraction
of the wing torque box that is filled by primary fuel tanks, for each wing. This calculation is performed
in order to judge whether fuel tanks outside the wing are needed.

16-1.2 Fuel Reserves

Mission fuel reserves can be specified in several ways for each mission. Fuel reserves can be
defined in terms of specific mission segments, for example 200 miles plus 20 minutes at V,.. Fuel
reserves can be an input fraction of the fuel burned by all (except reserve) mission segments, SO Wye =
(14 fres)Wiuel—miss- Fuel reserves can be an input fraction of the fuel capacity, SO Wiyt = Winiss—seg +
fresWiuel—cap- If more than one criterion for reserve fuel is specified, the maximum reserve is used.

16-1.3 Aucxiliary Fuel Tank

Aucxiliary fuel tanks are defined in one or more sizes. The capacity of each auxiliary fuel tank,
Waux—cap» 1 an input parameter. The number of auxiliary fuel tanks on the aircraft, N,uxank for each
size, can be specified for the flight condition or mission segment. Alternatively (if the mission is not
used to size the fuel tank), the number of auxiliary fuel tanks at the start of the mission can be determined
from the mission fuel.

Figure 16-1 describes the process for determining N,xtank from the required fuel weight We,e
and the aircraft maximum fuel capacity Wiyel—max = Wruel—cap + 2 Nauxtank Waux—cap- 1he fuel weight
adjustment AWy, is made if fuel weight is fallout from fixed gross weight and payload, accounting
for the operating weight update when Nuuxtank changes. If the auxiliary tank weight is greater than
the increment in fuel weight needed, then the fallout fuel weight We,e1 = W — Wo — Whay can not be
achieved; in such a case, the fuel weight is capped at the maximum fuel capacity and the payload weight
adjusted instead. The tanks changed can be the first size, the first size already used, or a designated size.
The tanks can be added or dropped in groups of n (n = 2 for pairs).

The weight and drag of N,uxtank tanks are included in the performance calculation. Optionally the
number of auxiliary tanks required can be calculated at the beginning of designated mission segments
(based on the aircraft fuel weight at that point), and tanks dropped if no longer needed. The weight of the
auxiliary fuel tanks is an input fraction of the tank capacity: Wauxtank = . fauxtank Nauxtank Waux—cap -

16-14 Aucxiliary Fuel Tank Drag

The auxiliary fuel tanks are located at position 2. The drag area for one auxiliary tank is specified,
(D/q)auxtank- The velocity relative to the air gives the drag direction ey = —v!"/[vf| and dynamic
pressure ¢ = 1p|vf'|? (no interference). Then

FF =e€qq Nauxtank(D/q)auxtank
is the total drag force, calculated for each auxiliary tank size.
16-1.5 Weights

The fuel system consists of the tanks (including support) and the plumbing. For the fractional
model, the fuel tank weight is Wiank = Xtank frank Wiuel—cap-
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if quel > quel—max

for designated auxiliary tank
Nauxtank = Nauxtank +n
if fixed total weight: AW = —nfauxtank Waux—cap
AI/Vfuelfmax = nWauxfcap
repeat if Wie > Wiiel-max

if fixed total weight and Wiy < Wiel—max — "Waux—cap
Nauxtank = Nauxtank —n
AVVfuelfmax = _nWauxfcap
quel = quelfmax (capped)

else if quel < quel—max

for designated auxiliary tank (then for last nonzero N.uxtank)
Nauxtank = Nauxtank -—n
if fixed total weight: AW = nfauxtank Waux—cap
AVVfuelfmax = _nWauxfcap
repeat if quel < quel—rnax

undo last increment
Nauxtank = Nauxtank +n
if fixed total weight: AW = —nfauxtank Waux—cap
AVVfuelfrnax = nWauxfcap

Figure 16-1. Outline of N, xtank calculation.

The weight of the auxiliary fuel tanks is part of the fixed useful load; it is an input fraction of the
tank CaPaCityi Wauxtank - Z fauxtankNauxtankWauxfcap-

The AFDD weight model for the plumbing requires the fuel flow rate (for all engines), calculated
for the takeoff rating and conditions.

16-2 Fuel Tank System Store and Burn Energy

For fuel use and storage measured by energy, there is no weight change as energy is used. The
energy storage (tank) is characterized by specific energy e, (MJ/kg or kWh/kg) and energy density
Prank (MJ/liter or kWh/liter). Table 16-2 gives the properties of a number of systems. The tank weight
and volume are obtained from the fuel energy Efyei—cap (MJ). The fuel weight W, is zero. A motive
device has an energy flow £ (MJ/hr or kW), and its specific fuel consumption is sfc = F/P (inverse of
efficiency). An equivalent fuel flow is ., = F/e.t, based on the specific energy e,.; (MJ/kg) of the
first fuel tank that burns weight (or GP-4, e, = 42.8 MJ/kg). The corresponding equivalent specific
fuel consumption is sfc., = w,,/P. The specific power is mni (kW/kg).

Storage systems considered include batteries, capacitors, and flywheels. A battery (or capacitor)
stores charge (A-hr), so the capacity is expressed as energy for a nominal voltage. Variation of the voltage
with operation affects the efficiency of the relation between useful power and the rate of change of the
energy stored. Each fuel tank system that stores and burns energy has a battery model for computation
of the charge/discharge efficiency.

The components associated with a fuel tank system (engine groups, jet groups, charge groups)
define the total energy flow Fomp (charge or discharge). The fuel tank system energy flow (due to
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equipment power and distribution losses) is also included in Ecomp. Accounting for efficiency and losses
gives the battery energy flow Flatt = Ecomp + Pioss + Prus- The battery model gives P,ss and efficiency
Mbatt (Mbatt = Eeomp/ (Ecomp + Ploss) for discharge, nyae = (Ecomp + Pioss)/ Ecomp for charge). The system
efficiency is ngys = 'Comp /Ebatt Of Ngys = Fhatt /Ecomp. The battery power margin is Pyax — |Ebatt|.
Pryg is the power required for the thermal management system, calculated from the rejected power
P,ej = Poss (the dependence of the battery efficiency, hence P, on Prygs is neglected in order to
avoid an iterative solution). Accounting for battery capacity (reduced by current or fade) then gives
the effective energy flow E.g (the fuel tank capacity is not adjusted). The change in stored energy is
calculated from F.g and time. The convention is that energy flow £ > 0 for discharge, and E < 0 for
charge. Power and current are positive for both discharge and charge.

16-2.1 Fuel Capacity

The fuel tank capacity Efyel—cap (maximum usable fuel energy) is determined from designated
sizing missions. The maximum mission fuel required, Efye1—miss (€xcluding reserves and any fuel in
auxiliary tanks, and ignoring any refueling), gives

Efucl—cap = max(ffuol—capEfucl—missa Efuol—miss + Ercscrvc)
or from mission fuel plus reserves
Efucl—cap = dfucl—cap + ffucl—cap (Efucl—miss + Ercsorvc)
or from maximum fuel quantity in the tank during the mission
Efuclfcap = dfuclfcap + ffuclfcapEfuclfmax

where fiuel—cap > 0 1S an input factor and druel—cap > 0 1s an input increment. Alternatively, the fuel tank
capacity Efel—cap can be input. The corresponding fuel tank weight is Wiank = XtankEfuel—cap/€tank
(Ib or kg) and the fuel tank volume is Viank = Efyel—cap/pPrank (gallons or liters). The corresponding
power capacity is Peap = (Ttank/€tank ) Efuel—cap (KW and MJ). Optionally the maximum mission battery
discharge power gives P.,p,, from which Eje—cap = max(Eiyel—cap, (€tank/Ttank) Peap) (MJ from kW).

For missions that are not used to size the fuel tank, the fuel energy may be fallout, or the fuel energy
may be specified (with or without auxiliary tanks). The fuel energy for a flight condition or the start of
a mission can be specified as an increment d, plus a fraction f of the fuel tank capacity, plus auxiliary
tanks:

Erel = min(dfuel + ffuelEfuel—capa Efuel—cap) + E NauxtankEaux—cap

where E,,x—cap 15 the capacity of each auxiliary fuel tank.

16-2.2 Fuel Reserves

Mission fuel reserves can be specified in several ways for each mission. Fuel reserves can be defined
in terms of specific mission segments, for example 200 miles plus 20 minutes at V;... Fuel reserves can be
an input fraction of the fuel burned by all (except reserve) mission segments, SO Efyel = (14 fres) Fruel—miss -
Fuel reserves can be an input fraction of the fuel capacity, SO Etyel = Emiss—seg + fres Etuel—cap- 1f more
than one criterion for reserve fuel is specified, the maximum reserve is used.
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if Efuel > Efuel—max
for designated auxiliary tank
Nauxtank = Nauxtank + 7
A-Efuelfmax = nEauxfcap
repeat if Efyer > Efuel—max
else if Efuel < Efuel—max
for designated auxiliary tank
(then for last nonzero N,uxtank)

Nauxtank = Nauxtank — 7
AFEfel—max = _nEauxfcap
repeat if FEpe < Bruel-max
undo last increment
Nauxtank = Nauxtank +n
A-Efuelfmax = nEauxfcap

Figure 16-2. Outline of N,xtank calculation.

16-2.3 Auxiliary Fuel Tank

Auxiliary fuel tanks are defined in one or more sizes. The capacity of each auxiliary fuel tank,
FEaux—cap» 15 an input parameter. The number of auxiliary fuel tanks on the aircraft, Nu,xank for each
size, can be specified for the flight condition or mission segment. Alternatively (if the mission is not
used to size the fuel tank), the number of auxiliary fuel tanks at the start of the mission can be determined
from the mission fuel.

Figure 16-2 describes the process for determining N yuxtank from the required fuel energy Fr..; and
the aircraft maximum fuel capacity Eruel-max = Ffuel—cap + 2 Nauxtank Faux—cap- 1he tanks changed
can be the first size, the first size already used, or a designated size. The tanks can be added or dropped
in groups of n (n = 2 for pairs).

The drag of N,uxtank tanks is included in the performance calculation. Optionally the number
of auxiliary tanks required can be calculated at the beginning of designated mission segments (based
on the aircraft fuel energy at that point), and tanks dropped if no longer needed. The weight of the
auxiliary fuel tanks is obtained from e, xank (MJI/kg or kWh/kg) and the tank capacity: Wuxtank =

Z NauxtankEaux—cap/eauxtank .
16-24 Thermal Management System

The thermal management system deals with the battery rejected heat P.oj = Pioss. The system mass
flow rrms depends on Pj; the power Pryg and gross thrust Fi; depend on the mass flow. The net jet
thrust is Fy = Fg — rarmsV. The size of the thermal management system (including weight Wrys)
is determined by a design rejected heat P,ej_qesign, perhaps specified as a fraction of the battery power
capacity Pe,p.

16-2.5 Distribution Losses

Losses from power distribution (including wiring resistance) are assumed to scale with current-
squared: Pysq = IR = 22C?R. As a simple model, these losses are specified in terms of an efficiency
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at maximum power, s0 22, ,C*R = (1 — ngist) Peap- Then

cap

2 . 2
x Ecom
Pdist = (Qfmbd> (1 — ndist)Pcap = ( P p) (1 — ndist)Pcap

gives the distribution loss from the component energy flow.

16-2.6 Weights

The fuel system consists of the tanks (including support) and the plumbing. The plumbing weight
here means the power distribution (wiring). The fuel tank weight is

Wtank = Efuel—cap/etank + WBMS + WTMS

(Ib or kg) and the fuel tank volume iS Viyel—cap = Fruel—cap/Prank (gallons or liters). The battery
management system (BMS) weight is a fraction of the basic tank weight: Winms = fems (Eruel—cap/€tank) -
Wrwms is the weight of the thermal management system. The wiring weight is proportional to the wiring
length, plus a fraction of the basic tank weight:

Wwire = Uwire‘ewire + fwire(Efuelfcap/etank)

Alternatively, the wiring weight can be input as part of the electrical group weight.

The length of the wiring /i, can be input or calculated. The calculated length is the sum of the
longitudinal, lateral, and vertical distances from the fuel tank (at position z%") to all components that use
the energy from this tank: (e = f D (|Az| + |Ay| 4+ |Az]), where f is an input factor.

The weight of the auxiliary fuel tanks is part of the fixed useful load; it is obtained from e,uxtank
(MJ/kg or kWh/kg) and the tank capacity: Wauxtank = 2, Nauxtank Eaux—cap/ €auxtank -

16-3 Equipment Power

Systems that supply equipment power can directly use fuel. Equipment power (similar to drive
train accessory losses) is calculated as the sum of an input constant; terms that scale with air density and
temperature; a term that scales aircraft weight; deice power loss (if deice system is on); and an increment
specified for each flight state:

Peq: eq0+Peqd0-+Peqte+Peqw+Peqi+dPeq

where o = p/p, is the density ratio and § = T'/Tj is the temperature ratio. The power scaling with aircraft
weight is Peqw = Kquﬁ‘;‘O (where Wy ro is the maximum takeoff gross weight). The fuel flow or
energy flow is then obtained from an input specific fuel consumption: 1y = (sfc) Peq OF Eoq = (sfc) Pag.
The energy sfc is the inverse of an efficiency: sfc=3.6/7 for energy flow in MJ/hr and power in kW.

164 Jet Force and Cooling Drag

The thermal management system produces a jet thrust F'y = F — 'V, acting in the wind direction.
The drag associated with battery cooling is Dcoo1 = (1 — )iV = (1 — n)(pAV)V, where A is the inlet
area, n) the ram recovery efficiency, and V' the flight speed. So the drag area is specified, estimated from

(D/q)cool = 2(1 —n)AV.
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The jet force and cooling drag act in the wind direction. The fuel tank is at location z¥'. The force

and moment acting on the aircraft in body axes are thus:

FF = e4Fy + €qDecool

M = AFFF

where AzF = 2F" — 2F  and eg = —v® /|v*| is the drag direction.

16-5 References

1) Department of Defense Military Specification. “Glossary of Definitions, Ground Rules, and Mission
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3) Department of Defense Detail Specification. “Turbine Fuel, Aviation, Kerosene Type, JP-8 (NATO

F-34), NATO F-35, and JP-8+100 (NATO F-37).” MIL-DTL-83133H, October 2011.
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Table 16-1. Fuel properties.

fuel specification density specific energy energy dens.
Ib/gal  kg/L Ml/kg BTU/Ib Ib/hp-hr MIJ/L

gasoline MIL-STD-3013A 6.0%* 0.719 4350  18700* 0.136 313

diesel 7.0 0.839 4303 18500 0.138 36.1
6.84— 0.820- 430 18487 0.138 35.8
7.05 0.845

Jet A/A-1  MIL-STD-3013A 6.7% 0.803 42.80  18400* 0.138 344
6.84/  0.820/ 42.8 18401 0.138 348

6.71 0.804
JP-4 6.5 0.779 4280 18400  0.138 333
MIL-DTL-5624U  6.23— 0.751*- 428* 18401 0.138 322
6.69  0.802*
JP-5 MIL-STD-3013A 6.6  0.791 4257  18300* 0.139 33.7

alternate design 6.8*  0.815 4291  18450* 0.138 35.0
MIL-DTL-5624U  6.58— 0.788*— 42.6* 18315  0.139 348

705  0.845%
JP-8 MIL-STD-3013A  6.5*%  0.779 42.80  18400* 0.138 333
alternate design 6.8* 0.815 4319  18570* 0.137 352
MIL-DTL-83133H 645 0.775%*— 42.8%* 18401 0.138 34.6

701 0.840%
LPG (methane) 375 045 50. 21496  0.118 111,
hydrogen (700 bar) 0328 003930 120. 51591 00493 472

high heating value 0328 003930 140. 60190 00423 5.0
hydrogen (liquid) 0592 007099 120. 51591  0.0493 8.2

*specification value

Table 16-2. Energy storage properties.

tank specific energy tank energy density efficiency power
MlJ/kg kW-hr/kg MIJ/L kW-hr/m? kW/kg
lead-acid battery 0.11-0.14 0.03-004 0.22-027 60-75 70-90%  0.18
nickel-cadmium battery 0.14-020 0.04-0.06 0.18-0.54 50-150 70-90% 0.15
lithium-ion state-of-art 0.54-090 0.15-0.25 0.90-1.30 250-360 ~99% 1.80
+5 years 1.26 0.35 1.80 500
+15 years  2.34 0.65 225 625
ultracapacitor 001-0.11 0.004-0.03 0.02-0.16 6-45 1.00
flywheel steel 0.11 0.03 ~90%

graphite 0.90 0.25
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Propulsion Group

The propulsion group is a set of components and engine groups, connected by a drive system. The
engine model describes a particular engine, used in one or more engine group. The components (rotors)
define the power required. The engine groups define the power available. Figure 17-1 illustrates the
power flow.

17-1 Drive System

The drive system defines gear ratios for all the components it connects. The gear ratio is the ratio
of the component rotational speed to that of the primary rotor. There is one primary rotor per propulsion
group (for which the reference tip speed is specified); other components are dependent (for which a gear
ratio is specified). There can be more than one drive system state, in order to model a multiple-speed or
variable-speed transmission. Each drive system state corresponds to a set of gear ratios.

For the primary rotor, a reference tip speed Vii,_er is defined for each drive system state. By
convention, the “hover tip speed” refers to the reference tip speed for drive state #1. If the sizing
task changes the hover tip speed, then the ratios of the reference tip speeds at different engine states
are kept constant. By convention, the gear ratio of the primary rotor is » = 1. For dependent rotors,
either the gear ratio is specified (for each drive system state) or a tip speed is specified and the gear
ratio is calculated (r = Qqep/Qprim»> € = Viip—rer/R). For the engine group, either the gear ratio is
specified (for each drive system state) or the gear ratio is calculated from the specification engine
turbine speed Qgpec = (27/60) Nypee and the reference tip speed of the primary rotor (r = Qgpec/Qprim >
Qprim = Viip—ret/R). The latter option means the specification engine turbine speed Nype. corresponds
to Viip—ref for all drive system states. To determine the gear ratios, the reference tip speed and radius are
used, corresponding to hover.

The flight state specifies the tip speed of the primary rotor and the drive system state, for each
propulsion group. The drive system state defines the gear ratio for dependent rotors and the engine
groups. From the rotor radius, the rotational speed of the primary rotor is obtained (Qprim = Viip/R);
from the gear ratios, the rotational speed of dependent rotors (Q4ep = r{rim) and the engine groups
(N = (60/27)7eng2prim) are obtained; and from the rotor radius, the tip speed of the dependent rotor
(Viip = QaepR) is obtained. The flight state specification of the tip speed can be an input value, the
reference tip speed, a function of flight speed or a conversion schedule, or one of several default values.
These relationships between tip speed and rotational speed use the actual radius of the rotors in the flight
state, which for a variable-diameter rotor may not be the same as the reference, hover radius.

A designated drive system state can have a variable speed (variable gear ratio) transmission, by
introducing a factor fse., On the gear ratio when the speeds of the dependent rotors and engines are
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evaluated. The factor fye.r 1S @ component control, which can be connected to an aircraft control and
thus set for each flight state.

An optional conversion schedule is defined in terms of two speeds: hover and helicopter mode for
speeds below Vinover, cruise mode for speeds above Vicruise, and conversion mode for speeds between
Vehover and Vioeruise- The tip speed is Viip—nover 10 helicopter and conversion mode, and Viip_cruise 1
airplane mode. Drive system states are defined for helicopter, cruise, and conversion mode flight. The
flight state specifies the nacelle tilt angle, tip speeds, control state, and drive system state, including the
option to obtain any or all of these quantities from the conversion schedule.

Several default values of the tip speed are defined for use by the flight state, including cruise,
maneuver, one-engine inoperative, drive system limit conditions, and a function of flight speed (piecewise
linear input). Optionally these default values can be input as a fraction of the hover tip speed. Optionally
the tip speed can be calculated from p = V/Viip,, so Viip = V/p; or from My, = Miip /(1 + p)? + p2, so
Viip = v/ (¢sMqt)?2 — V2 — V. Optionally the tip speed can be the minimum of the input value or that for
My

The sizing task might change the hover tip speed (reference tip speed for drive system state #1),
the reference tip speed of a dependent rotor, a rotor radius, or the specification engine turbine speed
Nspec. In such cases the gear ratios and other parameters are recalculated. Note that it is not consistent
to change the reference tip speed of a dependent rotor if the gear ratio is a fixed input.

An increment on the primary rotor rotational speed (or primary engine group, if there are no rotors)
is a control variable of the propulsion group.

17-2 Power Required

The component power required P, is evaluated for a specified flight condition, as the sum of
the power required by all the components of the propulsion group. The total power required for the
propulsion group is obtained by adding the transmission losses and accessory power:

PreqPG’ = Pcomp + mesn + Pacc

The transmission losses are calculated as an input fraction £,,,s, of the component power, plus windage
loss:

mesn = gxmsnfxmsn‘Pcomp‘ + Pwindage (Qprim/Qref)

The factor fxmsn can equal 1, or can include a function of the drive shaft limit (increasing the losses at
low power):

3 Pxlimit Q<1
fxmsn‘Pcomp‘ = (% - %Q) |Pcomp| % < Q <1
| Peomp| 1<@

where Q = |Peomp|/Pxlimit> PXlimit = "Ppslimit, a0d 7 = N/Ngpec = Qprim/Shrer. Accessory losses are
calculated as the sum of an input constant; terms that scale with air density and rotor speed; a fraction
of power required (such as environmental control unit (ECU) losses); infared suppressor fan loss (if IRS
system is on); deice power loss (if deice system is on); and an increment specified for each flight state:

Pacc = PaccO + Paccda + PaccnU(Qprim/Qref) + gacc(lpcomp| + mesn) + EIRfanUNengPeng + Pacci + dpacc

where o = p/pp is the density ratio.
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The power required for the propulsion group must be distributed to the engine groups. With only one
engine group, Preqrc = Pregpa. Anengine group power can be fixed at Prcgre = (Neng — Ninop) A, Where
A is the input power amplitude; or fraction A of engine power available, Prcqrg = (Neng — Ninop)APav;
or fraction A of engine rated power P,cqe¢ = (Neng — Ninop) APeng . The power required for the remaining
(perhaps all) engine groups is distributed proportional to the engine rated power:

(Neng - Ninop)Peng
Preqpc = (Pregpra — Preqec
' ( ! ﬁg:ed ! ) Znotﬁxed (Neng - Ninop)Peng

omitting engine groups that do not supply shaft power. If the sum of the fixed P..,rc exceeds the
propulsion group power required, or if the power is fixed for all engine groups, then each is scaled by
the ratio Preqrc/ Y gyeq Preqec. The fuel flow of the propulsion group is obtained from the sum over
the engine groups: Wyeqpg = Y, WreqEG-

17-3 Geometry

The length of the drive system ¢pg can be input or calculated. The calculated length is the sum
of the longitudinal, lateral, and vertical distances from the primary rotor hub to the other hub locations,
for all rotors in the propulsion group: ¢ps = f > (|Ax| + |Ay| + |Az|), where f is an input factor.
Alternatively, the drive system length can be scaled with the radius of the primary rotor: {ps = fR.

17-4 Drive System limit

The drive system limit is defined as a power limit, Ppgiimit. The limit is properly a torque limit,
Qpstimit = Ppsiimit/ et , but is expressed as a power limit for clarity. The drive system limit can be
specified as follows (with fiinit an input factor):

a) Input PDSlimit .

b) From the engine takeoff power limit, Ppsiimit = fiimit Y Neng Peng (SUmmed over
all engine groups).

c) From the power available at the transmission sizing conditions and missions,
Ppsiimit = fiimit (Qrer/Qprim) Y, Neng Puw (largest of all conditions and segments).
d) From the power required at the transmission sizing conditions and missions,
Ppsiimit = fiimit (Qret/Qprim) O Neng Preq (largest of all conditions and segments).

The drive system limit is a limit on the entire propulsion system. To account for differences in the
distribution of power through the drive system, limits are also used for the torque of each rotor shaft
(Prsumit) and of each engine group (Pgsumit). The engine shaft limit is calculated as for the drive system
limit, without the sum over engine groups. The rotor shaft limit is either input or calculated from the
rotor power required at the transmission sizing flight conditions. The power limit is associated with a
reference rotational speed, and when applied the limit is scaled with the rotational speed of the flight
state. The rotation speed for the drive system limit Ppgimis 1S the hover speed of the primary rotor of
the propulsion group (for the first drive state). The rotation speed for the engine shaft limit Pggjimit
is the corresponding engine turbine speed. The rotation speed for the rotor shaft limit Prgimis iS the
corresponding speed of that rotor.

The drive system limits can be specified for several levels, analogous to engine ratings. Typically
higher torque limits are associated with short duration operation. For each drive system rating, a torque
factor z is specified. Then from the rating for a flight condition or mission segment, the torque limit is
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2 f0Qlimit » With Quimir obtained from Ppgsiinit, and including a specified torque fraction fg. The torque
factor z is used for engine shaft limits and rotor shaft limits as well. Optionally the drive system rating
can be scheduled with flight speed.

17-5 Weights

The drive system consists of gear boxes and rotor shafts, drive shafts, rotor brakes, clutches, and
gas drive. The drive system weight depends on the rotor and engine rotational speeds, evaluated for
the propulsion group primary rotor and a specified engine group, at a specified drive system state (gear
ratio).

The AFDD drive system weight model depends on fg, the second (main or tail) rotor rated torque
as a fraction of the total drive system rated torque; and on fp, the second (main or tail) rotor rated power
as a fraction of the total drive system rated power. These parameters are related by the rotational speeds
of the two rotors: fp = foQother/main. Typically fp = fo = 0.6 for twin rotors (tandem, coaxial, and
tiltrotor configurations). For the single-main-rotor and tail-rotor configuration, typically fo = 0.03 and
fp = 0.15 (0.18 with a two-bladed teetering main-rotor).
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Chapter 18

Engine Group

The engine group consists of one or more engines of a specific type. An engine group transfers
power by shaft torque, so it is associated with a propulsion group. For each engine type an engine model
is defined. The engine model describes a particular engine, used in one or more engine groups.

The models include turboshaft engines (perhaps convertible, for turbojet operation or reaction
drive), reciprocating engines, compressors, electric motors, electric generators, and generator-motors.

18-1 Engine Group Performance

The engine size is described by the power P.,,, which is the sea-level static power available per
engine at a specified takeoff rating. The number of engines N, is specified for each engine group.

If the sizing task determines the engine power for a propulsion group, the power P.,, of at least one
engine group is found (including the first engine group). The total power requiredis Ppg = 7> Neng Peng
where r = max(P,cqpa/Pavrc). The sized power iS Pisea = Ppc — Y pyoq NengPeng. Then the sized
engine power i8S Peng = fpnPsized/Neng for the n-th engine group (with f; = > 21 sized fn for the first
group). If an engine group does not consume power (compressor or generator) or does not contribute
to shaft power (converted), the size is scaled with r = max(P,cqrc/Pavec). Optionally the sized power
can be related to an engine group of other propulsion groups: Feng = max(Peng, fEPeng—other) -

The propulsion group power available is obtained from the sum over the engine groups: P,,pg =
Z P, avEG -

The propulsion group component power P, includes compressor power, generator power re-
quired, and generator-motor power when it is producing energy.

The flight condition information includes the altitude, temperature, flight speed, and primary rotor
speed; a power fraction fp; and the states of the engine, drive system, and infrared suppressor (IRS). The
engine turbine speed is N = (60/27)7cng Qprim » Where Q.41 18 the current rotor speed and 7., is the gear
ratio (depending on the drive system state, including a factor fyc.. for a variable speed transmisson).
If the reference primary rotor speed i, corresponds to the specification turbine speed Ngpec, then
Teng = Qspec/prim; alternatively, the engine gear ratio can be a fixed input.

The drive system limit at the flight condition is 7z fg Ppsiimit, Where r = Qprim /Qret, « 1 the rating
factor, and fq is a specified torque fraction. Optionally this limit is applied to the propulsion group
power: P,,pg = min(Pyypa, e foPpsimit). Similarly the engine shaft limit at the flight condition is
optionally applied to the engine group power: P,,gc = min(Puyra, rEPESlinit ) -
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18-2 Turboshaft Engine

Turboshaft engine performance is obtained from the Referred Parameter Turboshaft Engine Model
(RPTEM).

18-2.1 Power Available

Given the flight condition and engine rating, the power available P, is calculated from the specific
power SP, = P,/m, and mass flow ri,:

P,

Se = SPOysp(ev M» TL)
Mg .

= 1hogm (6, M, n

5/\/5 09m( )
P,

~* _p 0, M,
(S\/@ ng( n)

as functions of temperature ratio § = T'/T,, Mach number M, and referred engine turbine speed n =

N/V.

In the engine model, installation losses P, are subtracted from P, (P,, = P, — Pioss), and then the
mechanical limit is applied: P,, = min(P,y, 7Pnechr), " = N/Nspec- The mechanical limit is properly a
torque limit, Qmech = Pmech/Nspec, but is expressed as a power limit for clarity.

The engine model gives the performance of a single engine. The power available of the engine
group is obtained by multiplying the single engine power by the number of engines operational (total
number of engines less inoperable engines):

PavEG = fP(Neng - Ninop)Pav
including a specified power fraction fp.

18-2.2 Performance at Power Required

The engine performance (mass flow, fuel flow, and gross jet thrust) is calculated for a specified
power required P, and flight condition:

Myeq

—F =" m aeaMa
5/v6 - ocd (q n)

Wreq

= Wocgw(q, 0, M,n
sug — oy (q )

F
Tg = gOCgf<Qa97M7n)

as functions of ¢ = P,/(PycdV/0), temperature ratio § = T/T,, Mach number M, and referred engine
turbine speed n = N/(Nspec\/é).

The engine model deals with a single engine. The power required of a single engine is obtained
by dividing the engine group power by the number of engines operational (total number of engines less
inoperable engines):

Preq = Preqea/(Neng — Ninop)

In the engine model, installation losses Pi,ss are added to Pey: Py = Preg + Ploss-
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The engine model gives the performance of a single engine. The performance of the engine group
is obtained by multiplying the single engine characteristics by the number of engines operational (total
number of engines less inoperable engines):

MyreqeG = (Neng — Ninop)Mireq

WreqEG = (Neng — Ninop ) WregK 1 fd
Fnec = (Neng — Ninop) Fn
DauxeG = (Neng — Ninop) Daux

The fuel flow has also been multiplied by a factor K4 accounting for deterioration of the engine
efficiency.

18-2.3 Installation

The difference between installed and uninstalled power is the inlet and exhaust losses Ploss: Pay =
P, — Poss and P,., = P, — Pioss. The inlet ram recovery efficiency 7, is included in the engine model
calculations. The inlet and exhaust losses are modeled as fractions of power available or power required:
Pross = (Uin + leg) Py OF Piogs = (Ui, + Leg) Py. The installed gross jet thrustis Fo = Kyg, Fjy, where Kyg,
accounts for exhaust effects. The net jet thrust is Fyv = Fg — V. The momentum drag of the
auxiliary air flow is a function of the mass flow mayx = fauxireq:

Daux - (]- - 7]aux)mauxv - (]- - naux)fauxmreqv

where 7.« is the ram recovery efficiency. Exhaust losses (¢.,) and auxiliary air flow parameters (7.ux,
faux) are defined for IR suppressor on and off. Inlet particle separator loss is added to the inlet losses

18-2.4 Convertible Engine: Turbojet/Turbofan

The engine mode B is the mass flow fraction diverted for a convertible engine: B = 0 for all mass
flow to the power turbine (turboshaft operation), and B = 1 for all mass flow to the jet exhaust or a fan
(turbojet/turbofan operation).

A separate engine model defines the performance for turbojet/turbofan operation (B = 1). The
engine group power P..,gpc is prescribed, as a measure of the jet thrust, and this engine does not
contribute to the propulsion group shaft power available. The turbojet/turbofan thrust is the engine
group net jet thrust, Fy = Fg — myeqV.

18-2.5 Convertible Engine: Reaction Drive

The engine mode B is the mass flow fraction diverted for a convertible engine: B = 0 for all mass
flow to the power turbine (turboshaft operation), and B = 1 for all mass flow to the rotor (reaction jet
operation).

A separate engine model defines the engine performance for reaction jet operation (B = 1). The
engine group power is fixed by amplitude input, or adjusted to produce the required rotor reaction
force (momentum flux) Fi, .4, and this engine does not contribute to the propulsion group shaft power
available. The gross jet thrust is directed to the reaction drive, so the net jet thrust of the engine group
is Fy = (FG — FGq) —mV.
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18-3 Turboshaft Engine Tabular Model

Tabular models of the engine performance are implemented, suitable for use with data from an
exercise of an engine deck. Two table formats are defined (E and H). Input factors K,,, K, and Ky can
account for technology level, respectively for power available, fuel flow, and jet thrust. The tables are
used with linear interpolation.

The tables are usually for an installed engine, including losses. Hence Poss = 0 (s, = fer = 0)
with this model, and P,, = P,, P,., = P,. Mechanical limits are included in the power available data.
Engine mass flow is not considered, so D,,x = 0, and the table is for net jet thrust. The fuel flow is
multiplied by the factor K4, accounting for deterioration of the engine efficiency. The engine is not
scaled. The engine weight Woye eng 15 fixed. The turbine speed Ny is fixed.

18-3.1 Table Format E

The tables are for power available P,, fuel flow @, and net jet thrust Fiy as a function of altitude h,
flight speed V', and rating R. The altitude influence is for a selected atmosphere, hence for a temperature
variation with altitude. The ratings reflect engine throttle setting, including partial power. Power turbine
speed variation is not considered.

Given the altitude, speed, and rating, the power table T),(h, V, R) is interpolated. Then the power
available is P, = K, T,. For fixed altitude and speed, the table T, (A, V, R) implies a variation of power
with rating; and the tables for fuel flow and jet thrust can be interpreted as 7., (h, V, P;) and T (h,V, P,).
Given altitude, speed, and power required, the tables are interpolated; then the fuel flow is w = K, T,
and the net jet thrust is Fiy = K;T}.

18-3.2 Table Format H

The tables are for power available P, and fuel flow «w as a function of altitude h, temperature T,
flight speed V, and rating R. The power available is the product of static power P, and a ram factor
fram: Po = KpPo(h, 7, R) fram(V, 7, h). Optionally, fram = (Sarv/0nr)X#e, where §pr = (1 + 0.2M?)
and 5M = (1 + O.2T]dM2)3'5.

The reference fuel flow e = /6% §X+7 is a function of reference power required Pyer =
P, /§%ar@Xro: 4py = K, 6% X710 (Pyrer ) - Note that referred power and referred fuel flow are based on
5. Alternatively, the fuel flow is a function of power, altitude, and temperature: w(P,, h, 7). The net
jet thrust is zero.

18-4 Reciprocating Engine

Reciprocating engine performance is obtained from the Reciprocating Engine Model.

18-4.1 Power Available

Given the flight condition and engine rating, the power available P, is calculated from:
P, = Pygy(o,0, M, 1)

as a function of density ratio o = p/pg, temperature ratio ¢ = 7'/Ty, Mach number M, and engine speed
ratio r = N/Ngpec.
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Installation losses P, are subtracted from P, (P,, = P, — Pioss), and then the mechanical limit is
applied: P,, = min(P,,, 7 Ppecnr). The mechanical limitis properly a torque limit, Qmech = Pmech/Nspeces
but is expressed as a power limit for clarity. The power available of the engine group is obtained by
multiplying the single engine power by the number of engines operational (total number of engines less
inoperable engines): Puyrc = fr(Neng — Ninop)Pav. including a specified power fraction fp.

18-4.2 Performance at Power Required

The engine performance for a specified power required P, is:

treq = Wogu(q;T)
TMreq = Mogm(q,7)
Fy = Feo9¢(q,7)
where ¢ = P,/P, and r = N/Ng,... Installation losses Py are added to P,.;: Py, = Preg + Ploss,
Preq = Pregec/(Neng — Ninop)-
The performance of the engine group is obtained by multiplying the single engine characteristics
by the number of engines operational (total number of engines less inoperable engines):
mrquG = (Neng mop)qu
WreqG = (Neng — Ninop)
Fnec = (Neng — Ninop) Fn
Dauxec = (Neng — Ninop) Daux

The fuel flow has also been multiplied by a factor K4 accounting for deterioration of the engine
efficiency.

18-4.3 Installation

The difference between installed and uninstalled power is the installation loss: P,, = P, — Pjoss and
P,eq = P,— Poss- This loss is modeled by an efficiency factor: Pioss = (1 —i0ss) Pa OF Ploss = (1—110ss) Py
where nioss = lin + Le,. The installed gross jet thrust is Fo = Ky, Fy;, Where K¢, accounts for exhaust
effects. The net jet thrust is Fiy = Fg — mh¢qV. The momentum drag of the auxiliary air flow is a
function of the mass flow 7haux = fauxMreq:

Daux = (1 - naux)mauxv = (1 - naux)fauxmreqv
where 7., is the ram recovery efficiency.

18-5 Compressor

A compressor converts input shaft power to a jet velocity and thrust. The shaft power contributes
to the propulsion group power required. The compressor does not use fuel.

18-5.1 Power Available

Given the flight condition and engine rating, the power available P, is calculated from the specific
power SP, = P,/m, and mass flow ri,:
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P,

Saa :SPOQSP(H,M,TL)
Mg .

= mogm (0, M,n

6/\/5 0gm ( )
P,

Lo _ pg. (6, M,
6\/5 ng( n)

as functions of temperature ratio ¢ = T' /T, Mach number M, and referred compressor speed n = N/ V.

Installation losses P, are subtracted from P, (P,, = P, — Pioss), and then the mechanical limit
is applied: P,, = min(P,y, " Pmechr), ¥ = N/Ngpec. The mechanical limit is properly a torque limit,
Qmech = Pmech/Nspec, but is expressed as a power limit for clarity.

The compressor model gives the performance of a single compressor. The power available of
the engine group is obtained by multiplying the single compressor power by the number of engines
operational (total number of engines less inoperable engines):

PavEG - fP( eng Ninop)Pav
including a specified power fraction fp.

18-5.2 Performance at Power Required

The compressor performance (mass flow and gross jet thrust) is calculated for a specified power
required P, and flight condition:

mreq .
= 1ocgm(q, 0, M,n
6/\/5 ocgm(q )
F
Tg = gOCgf(qaeaM) n)

as functions of ¢ = P,/(Pycdv/0), temperature ratio § = T//T,, Mach number M , and referred compressor
speed n = N/\/0).

The power required of a single compressor is obtained by dividing the engine group power by the
number of engines operational (total number of engines less inoperable engines):

Preq = Prqu’G/( eng Ninop)

Accounting for installation losses gives the uninstalled power required P, = Prcq + Ploss-

The compressor model gives the performance of a single compressor. The performance of the
engine group is obtained by multiplying the single compressor characteristics by the number of engines
operational:

Mregec = (Neng — Ninop)Mireq
Fnec = (Neng — Ninop) Fn
Dauwxec = (Neng — Ninop) Daux

Peomp = (Neng — Ninop) Py K s ya

The component power is the product of the uninstalled power required and the number of operational
engines, and a factor K4 accounting for deterioration of the engine efficiency.
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18-5.3 Installation

The difference between installed and uninstalled power is the inlet and exhaust losses Ploss: Pay =
P, — Pioss and P, = P, — Pioss. The inlet and exhaust losses are modeled as fractions of power available
or power required: Ploss = (Ui, + leg)Pa OF Pioss = (lin + leg)P,. The installed gross jet thrust is
Fo = Ky4 F,, where Ky, accounts for exhaust effects. The net jet thrust is Fy = Fg — riv,V. The
momentum drag of the auxiliary air flow is a function of the mass flow maux = fauxireq:

Daux = (1 - naux)mfauxv = (1 - naux)fauxmreqv

where 7., is the ram recovery efficiency.

18-5.4 Compressor for Reaction Drive or Flow Control

If the compressor supplies the jet force for rotor reaction drive, then the engine group power required
PrGreq 1s fixed by ampitude input, or adjusted to produce the required rotor reaction force (momentum
flux)

FGreq = mreactv;eact = Freact + mreacthreact

If the compressor supplies the momentum flux for flow control, then the engine group power required
Prgreq 18 fixed by ampitude input, or adjusted to produce the required momentum flux Fgreq =
> Fareq comp, sSummed over all components using the flow control. The gross jet thrust is directed
to the reaction drive or flow control, so the net jet thrust of the engine group is Fy = (Fg — Fgq) — MV,
from the gross thrust, mass flux used by the rotor or flow control Fy = Fgreq/(Neng — Ninop), and
momentum drag.

18-6 Electric Motor or Generator

A motor converts electrical energy (fuel) to shaft power. A generator converts input shaft power to
electrical energy, and the shaft power contributes to the propulsion group power required.

The power available is related to the size P.,,. Given the flight condition and motor rating, the
uninstalled power available P, is calculated, including a torque limit. In the motor model, installation
losses Prys are subtracted from P,: P,, = P, — Prys (added for generator). The motor model gives
the performance of a single engine. The power available of the engine group is obtained by multiplying
the single engine power by the number of engines operational (total number of engines less inoperable
engines):

P.vec = fP(Neng — Ninop) Pav

including a specified power fraction fp.

From the engine group power required P,.,r¢, the power required of a single engine is
Preq = PrquG/(Neng - Ninop)

In the motor model, installation losses Prus are added to Preq: P; = Preq + Prus (subtracted for
generator).

18-6.1 Motor

The motor power required determines the energy flow from the fuel tank. The energy flow is
calculated for P, and a specified flight condition:

Ereq = EOCQ@(Q7 n) = Pq/nmotor
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as a function of ¢ = P,/P.,; and engine speed n = N/Ng,e.. The motor shaft power required is P4,
and the gross (uninstalled) power is P, = P,.q + Prmus. The rejected heat is P,; = E,«eq - P, =
P,(1 — Nmotor)/Mmotor- From nmoetor €valuated for P,..q, P.e; gives the mass flow rrms, and then the
power Pryg and gross thrust F. Then nmtor i evaluated for P, = P.., + Prus, and the electrical
power required is E‘Teq = P;/Nmotor-

The motor model gives the performance of a single engine. The performance of the engine group
is obtained by multiplying the single engine characteristics by the number of engines operational:

ErquG’ = (Neng - Ninop)Erquffd

The energy flow has also been multiplied by a factor K ;4 accounting for deterioration of the engine
efficiency.

18-6.2 Generator

The generator energy flow to the fuel tank defines the power required. The energy flow is calculated
for P, and a specified flight condition:

Ercq - E()Cge (qv n) = Pqnmotor

as a function of ¢ = P,/ P., and engine speed n = N/Ngpe.. The generator shaft power required is Pyq,
and the net (uninstalled) power is P, = P,.,—Prus. Therejected heatis P,; = P, —Ereq = P,(1—Nmotor) -
From nmotor €valuated for P4, Prj gives the mass flow riryvs, and then the power Pryg and gross thrust
Fg. Then nmotor is evaluated for P, = P,., — Prus, and the electrical power produced is qu = Pymotor-

The motor model gives the performance of a single engine. The performance of the engine group
is obtained by multiplying the single engine characteristics by the number of engines operational:

ErquG’ = (Neng - Ninop)Ereq
Pcomp = (Neng - Ninop)Prquffd

The component power is the product of the power required and the number of operational engines, and
a factor K ;4 accounting for deterioration of the engine efficiency.

18-6.3 Generator-Motor

The engine mode B is the direction of power flow for a generator-motor: B positive for motor
operation, and B negative for generator operation. Separate motor models are used for the two modes.

18-6.4 Installation (Thermal Management System)

The difference between installed and uninstalled power is the thermal management system losses
Prys: Pay = Py — Prus and P, = P, — Prugs (added for generator). The system mass flow s
depends on the motor rejected heat P,;; the power Pryg and gross thrust F; depend on the mass flow.
The net jet thrust is Fy = F —mrusV . The size of the thermal management system (including weight)
is determined by a design rejected heat Pyej_design, perhaps specified as a fraction of the motor size P.,,.

The motor model gives the performance of the thermal management system for a single engine.
The performance of the engine group is obtained by multiplying the single engine characteristics by the
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number of engines operational:

PTMSEG - (Neng Nanp)PTMS
mrquG = (Neng Nlnop)mTMS
FNEG - (Neng NanD)F

18-7 Control and Loads

The engine power amplitude A and mode B are control variables. The mode can be mass flow (for
convertible engines), or power flow (for generator-motor). In distributing the propulsion group power
required to the engine groups, an engine group power can be fixed at Prcgrg = (Neng — Ninop)A; OF
fraction A of engine power available, P,c;rc = (Neng — Ninop)APay; Or fraction A of engine rated power
Pregpc = (Neng — Ninop)APeng .-

The engine orientation is specified by selecting a nominal direction ey in body axes (positive or
negative z-, y-, or z-axis; usually thrust forward, hence positive z-axis); then applying a yaw angle «;
and then an incidence or tilt angle ;. The yaw and incidence angles can be control variables.

The engine group produces a jet thrust Fl, acting in the direction of the engine (actually, Fy =
Fg — mV, with the gross thrust in the direction of the engine and the momentum thrust in the wind
direction; Fx = (Fg — Fgq) — mV for reaction drive or flow control); a momentum drag D, (if the
component has mass flow), a nacelle drag D,,,, and cooling drag D, (all acting in the wind direction).
The engine group is at location z". The force and moment acting on the aircraft in body axes are thus:

FF = (efFG + edi) + ed(Daux + Dnac + Dcool)
MP = AZFFF

where Az" = 2F — 2F e is the engine thrust direction and e, is the drag direction.

18-8 Nacelle and Cooling Drag

The engine group includes a nacelle, which contributes to the aircraft drag. The component drag
contributions must be consistent. The pylon is the rotor support and the nacelle is the engine support.
The drag model for a tiltrotor aircraft with tilting engines would use the pylon drag (and no nacelle drag),
since the pylon is connected to the rotor shaft axes; with non-tilting engines it would use the nacelle
drag as well.

The reference area for the nacelle drag coefficient is the nacelle wetted area. The wetted area per
engine is input, or calculated either from the engine system (engine, exhaust, and accessories) weight
or from the engine system plus drive system weight:

2/3

cht = k(w/Ncng) /

where w = Wgg or w = Wgs + Wyprs/Neg, and the units of & are ft2/1b%3 or m2/kg?/3. The reference
area is then Spac = NengSwet -

The drag associated with engine group cooling iS D¢oo1 = (1 — )iV = (1 — n)(pAV)V, where A
is the inlet area, n the ram recovery efficiency, and V' the flight speed. So the drag area is specified,
estimated from (D/q)coo1 = 2(1 — ) AV
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18-9 Weights

The component weight consists of engine system, engine section or nacelle group, and air induction
group. The engine system consists of engine, exhaust system, and accessories. The engine section or
nacelle group consists of engine support, engine cowling, and pylon support. These weights are for the
engine group, consisting of N, engines. The engine system weight Wgg = Weng + Wexh + Wacc 1S used
for the engine nacelle wetted area, the rotor pylon wetted area, and the rotor moving weight. The rotor
group includes the rotor support structural weight; this must be consistent with the use of the engine
support weight and pylon support weight.
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Jet Group

A jet group produces a force on the aircraft, possibly used for lift, propulsion, or control. A jet
model describes a particular jet, used in one or more jet groups. The models include turbojet and turbofan
engines (perhaps convertible, for reaction drive), reaction drive, and a simple force. A reaction drive
supplies a blade force that provides the rotor power required.

19-1 Jet Group Performance

The jet size is described by the thrust T}, which is the sea-level static thrust available per jet at a
specified takeoff rating. The number of jets N is specified for each jet group.

If the sizing task determines the jet thrust, the total thrust required is T;g = rNjetTjer, Where
r= maX(TrquG/TavJG)'

The flight condition information includes the altitude, temperature, and flight speed; and a thrust
fraction fr.

19-2 Turbojet or Turbofan

The thrust of a turbojet is
T =m((1+ f)Ve = V) + (pe — Patm)Ac

where 7i is the mass flow; f = @/ is the fuel-air ratio; and V., p., and A, are the velocity, pressure,
and area at the exit. The pressure term is zero or small, and the fuel-air ratio is small, so the net thrust
is approximately

T= m(vﬁ - V) = TG - Tmom
from the gross thrust T = V., and the inlet-momentum or ram drag Ty,om = mV.

The thrust of a turbofan is
T = m((l + f)‘/e - V) + Mfan (‘/:efan - V) = m((l + f)Ve + ﬁ‘/efan) - m(l + /B)V =T — Tmom

with bypass ratio 8 = .y /1.

Turbojet or turbofan performance is obtained from the Referred Parameter Jet Engine Model (RP-
JEM), based on references 1 and 2. The referred thrust, specific thrust ST = T'/7, and specific fuel con-
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sumption sfc = /T are functions of the flight Mach number M and compressor speed n = N/(Nyv/6):

T

g :Gt(M,TL)
T/ .
W = Gst(M,n)
w/T 1 .
\/5 —ansfc(M7 )

The independent variable can be the compressor speed, or the turbine inlet temperature, or the fuel flow.
The combustion efficiency 7, depends on the atmosphere (altitude and temperature), hence the specific
fuel consumption is not a function of just M and n.

19-2.1 Thrust Available

Given the flight condition and engine rating, the thrust available T, is calculated from the specific
thrust ST, = T, /M, and mass flow rh,:

S_fg = STOgst<97M)
e
(5/—\/§ —mOgm(95M>
T, i v

as functions of temperature ratio # = T'/T and Mach number M.

In the jet model, installation losses T}, are subtracted from 7T, (T, = T, — Tioss), and then the
mechanical limit is applied: T, = min(Ty,, TimechR)-

The jet model gives the performance of a single jet. The thrust available of the jet group is obtained
by multiplying the single jet thrust by the number of jets operational (total number of jets less inoperable
jets):

TavJG = fT(]Vjet - Ninop)Tav

including a specified thrust fraction fr.

19-2.2 Performance at Thrust Required

The thrust required of a single jet is obtained by dividing the jet group thrust by the number of jets
operational (total number of jets less inoperable jets):

T""eq = TquG/(Met - Ninop)

In the jet model, installation losses Tioss are added to Ty.cq (T = Treq + Tioss)-

The jet performance (mass flow and fuel flow) is calculated for a specified thrust required 7, and
flight condition: .
Myeq .
= 1ocgm(t, 6, M
5/ /o Mocgm( )
wreq .
= w(ts 07 M
/8 Woc Gu ( )
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as functions of the referred gross thrust ¢ = T,/ (Tocd) (Where Tg, = T, + m(1 + 3)V), temperature
ratio @ = T'/Ty, and Mach number M. The specific thrustis ST = T, /2. The net force is Fy = Teq =
FG_mreq(1+ﬂ)V:FG_Fmom-

The jet model gives the performance of a single jet. The performance of the jet group is obtained
by multiplying the single jet characteristics by the number of jets operational:

mrquG = (Njet - Ninop>mreq
wrquG = (]Vjet - Ninop)wrquffd

DauxJG’ = (]Vjet - Ninop)Daux

The fuel flow has also been multiplied by a factor K ;¢4 accounting for deterioration of the jet efficiency.

19-2.3 Installation

The difference between installed and uninstalled thrust is the inlet and exhaust losses Tioss: Ty =
To — Thoss and Ty = T, — Tioss- The inlet and exhaust losses are modeled as fractions of thrust available
or thrust required: Tioss = (lin + ey) Ty OF Tioss = (Lin + ley)Ty. The momentum drag of the auxiliary
air flow is a function of the mass flow rmaux = faux?ireq:

Daux = (1 - naux)mauxv = (1 - naux)fauxmreqv

where 7.« is the ram recovery efficiency. Exhaust losses (¢.,) and auxiliary air flow parameters (7.ux,
faux) are defined for IR suppressor on and off.

19-24 Convertible Engine: Reaction Drive

The jet mode B is the mass flow fraction diverted for a convertible engine: B = 0 for all mass flow
to the exhaust (turbojet operation), and B = 1 for all mass flow to the rotor (reaction jet operation).

A separate jet model defines the engine performance for B = 1. The jet thrust required is fixed
by amplitude input, or adjusted to produce the required rotor reaction force (momentum flux) T;.cq7¢ =
Fgreq. The mass flow and fuel flow follow. The net force of the jetis Fiy = (Tyeq — Faq) — Myreq(1+5)V.

Thrust, specific thrust, and mass flow are defined by the jet model for turbojet operation. The
specific fuel consumption of the jet model for reaction jet operation is scaled proportional to the sfc
scaling for turbojet operation.

19-3 Reaction Drive or Flow Control

Rotor power can be supplied by a reaction drive, using cold or hot air ejected out of the blade tips
or trailing edges. Helicopters have also been designed with ram jets on the blade tips, or with jet flaps
on the blade trailing edges that use compressed air generated in the fuselage. The jet group performance
includes the efficiency of the blade duct and nozzle, perhaps even with tip burning. The fuselage and
wing can have flow control, produced by momentum flux through slots on the component. The jet group
performance includes the efficiency of the ducting and slots.

For reaction drive and flow control, the thrust available and thrust required exclude the momentum
drag, which is only accounted for in the total jet group load. For reaction drive, the net jet thrust required
is fixed by amplitude input, or adjusted to produce the required rotor reaction force (momentum flux)

TrquG = FGreq = Mreact Vreact = Freact T Mreact 2 react
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For flow control, the net jet thrust required is fixed by amplitude input, or adjusted to produce the required
momentum flux Fgreq = Y FGreq comp> Summed over all components using the flow control. The net
force of the jetis Fiy = (Treq — Faq) — Mireq(1 + B)V = Fg — Fiom, from Foq = Fareq/(Niet — Ninop)-
From the required gross thrust, the jet performance (mass flow and fuel flow) is calculated.

19—4 Simple Force

For the simple force model, the design maximum thrust is Ti,.x (per jet). The thrust available is
thus T, = Tiax. The force generation can use fuel as weight or as energy.

If the component burns fuel weight, the fuel flow is calculated from an input thrust-specific fuel
consumption: e, = Ty(sfc) = wocq, where ¢ = T, /Tinax. Units of sfc are pound/hour/pound or
kilogram/hour/Newton. Then

w'rquG = (]Vjet - Ninop)w’r'quffd
The fuel flow has also been multiplied by a factor K ;¢4 accounting for deterioration of the jet efficiency.

If the component uses fuel energy, the energy flow is calculated from an input thrust-specific
fuel consumption: Ereq = T,(sfc) = Eycq, where ¢ = Ty/Tmax- Units of sfc are MJ/hour/pound or
MlJ/hour/Newton. Then

ErquG = (Njet - Ninop)Erquffd
The energy flow has also been multiplied by a factor K s r; accounting for deterioration of the jet efficiency.

The simple force weight is calculated from specific weight S plus a fixed increment: W = ST},,.x +
AW . This weight is identified as either engine system or propeller/fan installation weight, both of the
propulsion group; or tail-rotor, of empennage group.

19-5 Control and Loads

The jet thrust amplitude A and mode B are control variables. The mode can be mass flow (for
convertible engines). The jet group thrust can be fixed at T;.cy7¢ = (Njet — Ninop)A; or fraction A of jet
thrustavailable, T,eqsc = (Njet —Ninop ) AT 4v; Or fraction A of jetrated thrust Ty.eqsc = (Njet — Ninop ) ATjet -

The jet orientation is specified by selecting a nominal direction e s, in body axes (positive or negative
x-, Y-, or z-axis; usually thrust forward, hence positive z-axis); then applying a yaw angle ¢; and then
an incidence or tilt angle ;. The yaw and incidence angles can be control variables.

The jet group produces a jet thrust 7', acting in the direction of the engine (actually, the gross thrust
in the direction of the engine and the momentum thrust in the wind direction); a momentum drag D,
anacelle drag D,,,., and cooling drag D, (all acting in the wind direction). The jet group is at location
2F'. The force and moment acting on the aircraft in body axes are thus:

FF = (efFG + edFmom) + ed(Daux + Dnac + Dcool)

M = AFFF

where Az" = zF — z[ ey is the jet thrust direction and e, is the drag direction. The gross thrust is

FG = FN + Fmoma Enom = mrquG(l + ﬂ)v
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19-6 Nacelle and Cooling Drag

The jet group includes a nacelle, which contributes to the aircraft drag. The reference area for the
nacelle drag coefficient is the nacelle wetted area. The wetted area per jet is input, or calculated from
the engine system (engine, exhaust, and accessories) weight:

cht = k('w/]\fjct)z/‘3

where w = Wgg, and the units of k are ft?/1b%/% or m?/kg?/3. The reference area is then Spac = Niet Swet -

The drag associated with jet group cooling is Dcoor = (1 —n)mV = (1 —n)(pAV)V, where A is the
inlet area, n the ram recovery efficiency, and V' the flight speed. So the drag area is specified, estimated
from (D/Q)cool = 2(1 - U)AV

19-7 Weights

The component weight consists of engine system, engine section or nacelle group, and air induction
group. The engine system consists of engine, exhaust system, and accessories. The engine section or
nacelle group consists of engine support, engine cowling, and pylon support. These weights are for the
jet group, consisting of Nje, engines. The engine system weight Wrs = Weng + Wexh + Wacc 1s used for
the engine nacelle wetted area.

19-8 References

1) Sanders, N.D. “Performance Parameters for Jet-Propulsion Engines.” NACA TN 1106, July 1946.

2) Hill, P.G., and Peterson, C.R. Mechanics and Thermodynamics of Propulsion. Reading, MA:
Addison-Wesley Publishing Company, Inc., 1965.
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Chapter 20

Charge Group

A charge group generates energy for the aircraft. A charger model describes a particular charger,
used in one or more charge groups. The models include fuel cells, solar cells, and a simple charger.

20-1 Charge Group Performance

The charger size is described by the power Pe,,e, Which is the sea-level static power available per
charger at a specified takeoff rating. The number of chargers N, is specified for each charge group.

If the sizing task determines the charger power, the charger power required is r Py, Where r =
maX(R*eqCG/PaUCG) .

The flight condition information includes the altitude, temperature, and flight speed; and a power
fraction fp.

Given the flight condition and the charger rating, the charger power available is
Pav = Eacell = Pogp((ga M)

as a function of pressure ratio § = p/py and Mach number M. The power available is obtained by
multiplying the single charger power by the number of chargers operational (total number of chargers
less inoperable chargers):

PavCG = fP(Nchrg - Ninop)Pa'U

including a specified power fraction fp.

The energy flow to the fuel tank gives the charge group power required: P..qcc = Ereqcc. The
power required of a single charger is

PT’eq = PrchG/(Nchrg - Ninop)

The cell energy flow required chell is chell = Pycge(q), where ¢ = P,/ Poc. Then

Preqtotal = (Nchrg - Ninop)chell

is the total cell power required.

20-2 Fuel Cell

A fuel cell burns a fuel (typically hydrogen) and generates electrical energy. For a specified flight
condition, the cell power available and power required are

Pav = Eacell = Pogp((;a M)

Eqcen = Pocge(q)



198 Charge Group
where g = P,.,/Poc. The fuel cell performance (mass flow and fuel flow) is

Myreq = mOCQm(Q; d, M)

wreq = wOng (Q7 63 M)
Installation losses are included in the specific fuel consumption. The net thrust is the inlet momentum
drag, Fy = —1m,..,V. The charger model gives the performance of a single charger. The performance of

the charge group is obtained by multiplying the single charger characteristic by the number of chargers
operational:

Mreqec = (Nehrg — Ninop ) treq

Wreqc G = (Nenrg — Ninop)WreqK s fd
Fnea = (Nehrg — Ninop ) Fn

Dauxcc = (Nenrg — Ninop) Daux

The fuel flow has also been multiplied by a factor K4 accounting for deterioration of the engine
efficiency. The momentum drag of the auxiliary air flow is a function of the mass flow maux = fauxTireq:

Daux = (1 - naux)mauxv = (1 - 77aux)faux'r;%‘eqvv

where 7., is the ram recovery efficiency.

20-3 Solar Cell

The power available from solar radiation is approximately 1.36 kW/m?, reduced by atmospheric
effects (absorption, reflection, and scattering) to about 1.00 kW/m?. The average solar radiation in the
continental United States is 3.5-7.0 (kW/m?)(hour/day), hence approximately 15 to 25% of the available
power. Typical efficiencies of solar cells are 10-35%, with some sensitivity to temperature. The solar
cell is characterized by power density (W/m?) and weight density (kg/m?).

For a specified flight condition, the cell energy flow is
Pav = Eacell = P()gp(5a M)

chell = POCQE (Q)

where g = P,/ Poc.

204 Simple Charger

For the simple charger model, the design maximum power is Py.x (per charger). The power
available is P,, = Pnax. The energy flow is chell = Poc9e(q) = Preg/MNehrg, Where nenyg 1s the charger
efficiency. The weight is calculated from specific weight S plus a fixed increment: W = SP,,. + AW.

20-5 Control and Loads

The charger power amplitude A and mode B are control variables. The charge group power can
be fixed at £ = Pregcc = (Newrg — Ninop)A; or fraction A of charger rated power £ = Pro,cc =
(Nchrg - Ninop)APchrg-

The charger orientation is specified by selecting a nominal direction ey, in body axes (positive or
negative z-, y-, or z-axis); then applying a yaw angle ¢; and then an incidence or tilt angle i. The yaw
and incidence angles can be control variables.
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The charge group produces a jet thrust Fiy (actually, Fy = Fg — mV, with the gross thrust in the
direction of the engine and the momentum thrust in the wind direction), acting in the direction of the
charger; a momentum drag D, (if the component has mass flow), a nacelle drag D,., and cooling
drag D.. (all acting in the wind direction). The charge group is at location 2%". The force and moment
acting on the aircraft in body axes are thus:

FF = (efFG + edi) + ed(Daux + Dhac + Dcool)

MF = AFFF

F

where Az" = 2F — 2F, e is the charger thrust direction and e, is the drag direction.

20-6 Nacelle and Cooling Drag

The charge group includes a nacelle, which contributes to the aircraft drag. The reference area for
the nacelle drag coefficient is the nacelle wetted area. The wetted area per charger is input, or calculated
from the engine system (engine, exhaust, and accessories) weight:

Swet =k (w/Nchrg) 28

where w = Wgg, and the units of k are ft?/I1b%/3 or m?/kg?/3. The reference area is then Spac = Nenrg Swet -

The drag associated with charge group cooling is Dcoo = (1 — )V = (1 — n)(pAV)V, where A
is the inlet area, n the ram recovery efficiency, and V the flight speed. So the drag area is specified,
estimated from (D/q)coo1 = 2(1 — 1) AV.

20-7 Weights

The component weight consists of the engine system. The engine system consists of the charger
weight. These weights are for the charge group, consisting of Ny, chargers. The engine system weight
Wgs = NehrgWone chrg 15 used for the charger nacelle wetted area.
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Chapter 21

Referred Parameter Turboshaft Engine Model

Aircraft gas turbine engine performance capabilities are formally specified by computer programs
known as engine decks, which are created by engine manufacturers in an industry-standard format.
Engine decks are typically based on thermodynamic cycle analysis using real engine component per-
formance maps. The most important performance maps for turboshaft engines are compressor, gas
generator turbine, and power turbine. These component performance maps are critical to obtaining
realistic off-design engine performance. Design and analysis codes calculate aircraft performance for
a very wide range of operating conditions. Thus engine performance must be realistic even far from
the engine design point. A simple thermodynamic cycle analysis that assumes design point component
efficiencies everywhere is not realistic for such an application. Rather than developing models for com-
ponent performance, the approach taken is to use a model for the total engine performance. The engine
is not being designed.

The Referred Parameter Turboshaft Engine Model (RPTEM) is based on curve-fits of performance
data for existing or projected engines over a range of operating conditions. The curve-fits are typically
obtained by exercising an engine deck. The use of referred parameters tends to collapse the data,
and provides a basis for scaling the engine. The operating condition is described by pressure altitude,
ambient air temperature, flight Mach number, power turbine speed, exhaust nozzle area, and either
engine rating or engine power required. These curve-fits, typically based on real engines, are scaled to
the required size and adjusted to the appropriate technology level to represent a notional engine. Engine
size is represented by mass flow. Engine technology is represented by specific power available and
specific fuel consumption at maximum continuous power (MCP), sea level/standard day (SLS), static
(zero airspeed) conditions. Engine installation effects (inlet and exhaust losses) are also modeled.

The use of referred parameters to curve-fit engine performance data was suggested by David
Woodley from Boeing during the JVX program (1983). The RPTEM was developed and documented
by Michael P. Scully and Henry Lee of ASRAO, U.S. Army Aeroflightdynamics Directorate (AFDD),
with a subsequent implementation written by Sam Ferguson (1995).

21-1 Operating Environment

The operating condition and atmosphere give the standard conditions (temperature Ty;q and pressure
psta) for a specified pressure altitude; the sea-level standard conditions (temperature T, and pressure
po); and the operating temperature 7" and pressure p. Here the temperatures are °R or °K. The engine
characteristics depend on the temperature ratio § = 7'/T, and pressure ratio § = p/po.

The flight Mach number M = V/cs = V/cs0V/0 is obtained from the aircraft speed V.
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The inlet ram air temperature ratio and pressure ratio are obtained then from M and the inlet ram
recovery efficiency 74:

-1
On = (1 + VTMQ) = (1+0.2M?)
1 0
— y—1 5
op = (1 + %ndMQ) — (1+0.25,M2)*
where the ratio of specific heats v = 1.4.

21-2 Performance Characteristics

The engine performance is described by: the power available P,, at each engine rating and the
specification engine turbine speed Npc.; the mass flow 72 and fuel flow w required to produce power
required P, at engine turbine speed N; and the gross jet thrust F' at a given power required P,. Then the
specific power is SP = P/m, and the specific fuel consumption is sfc = w/P.

The reference performance is at sea-level-standard static conditions (subscript 0), and MCP (sub-
script C'). For each rating R, the performance is characterized by the following quantities for sea-level-
standard static conditions: power Pyg, specific power SPyg, and mechanical power limit Pyecnr. The
mass flow is then mor = Pyr/SPyr. The gross jet thrust F,oc is given at MCP. These characteristics
are at the specification turbine speed Ngpec.

The installed power required P,., and power available P,, > P,., are measured at the engine output
shaft. In addition to shaft power, the engine exhaust produces a net jet thrust F, from mass flow that
goes through the engine core. The fuel flow and mass flow are the total required to produce the shaft
power and jet thrust. The forces produced by mass flow that does not go through the engine core (such
as infrared suppressor or cooling air) are treated as momentum drag D,,x.

The difference between net and gross jet thrust is the momentum drag: F,, = Fy — 1,V =
mreq(V; — V), where V; is the engine jet exhaust velocity. Note that traditional units for mass flow are
pound/sec (pps), while this equation requires slug/sec (11,4 /g replaces ri,.,).

The uninstalled power required is P, the power available P, , the gross jet thrust F;, and net jet thrust
F,. The engine model calculates P, as a function of flight condition and engine rating; or calculates
engine mass flow, fuel flow, and jet thrust at P,.

21-3 Installation

The difference between installed and uninstalled power is the inlet and exhaust losses Pjoss:

Pav = Pa - —Ploss
Pr'eq = Pq - Ploss

The inlet ram recovery efficiency n, (through d,,) is included in the engine model calculations. The inlet
and exhaust losses are modeled as fractions of power available or power required: Pioss = (Cin + lez) Py
or Piogs = (bin, + lez) Py. SO

Py = Po(1 = iy — Lez)

Pq = Preq/(l - gin - eear)
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The engine model gives uninstalled power and the gross thrust F, for a nominal exhaust nozzle area. The
gross jet thrust Fz and exhaust power loss (.. ) are both functions of the exhaust nozzle area. Smaller
exhaust nozzle areas increase exhaust losses and increase gross thrust. Thus the ratio of installed to
uninstalled thrust is approximated by a function of the exhaust power loss:

FG/Fg = Kyfgr = Kggro + Kfgriles + ngr2€§x + ngri%[gx

so the net installed jet thrust is
Fy = Kfgr Fg — ipeqV

The momentum drag of the auxiliary air flow is a function of the mass flow 1maux = fauxMireq:
Daux = (1 - naux)mauxv = (1 - naux)fauxmreqv

where 7, i the ram recovery efficiency. Exhaust losses (¢.,) and auxiliary air flow parameters (7.ux,
faux) are defined for IR suppressor on and off. Inlet particle separator loss is added to the inlet losses

21-4 Power Turbine Speed

The shaft power available is a function of the gas power available P and the power turbine efficiency
n:: P, = n:Pg. Generally the power turbine speed N has a significant effect on 7, but almost no effect
on Pg. The model used for the efficiency variation is 7, = 1 — [(N/Nypt) — 1|¥¥7, where N, is the
speed for peak efficiency, hence

PN) _ m(N) 1= [(N/Nop) — 1[¥¥s
P(Nspec) nt(Nspec) 1- |(Nspec/N0pt) - 1|XN"

Two approximations for the optimum turbine speed are used. The first is a linear expression in p =

P/(PyréV0):

K
Nopt - Nspec\/g (KNoptA V HM + ](\;:;)tB p)
and the second is a cubic function of p = P/(Pycdv6):
Nopt = Noproc Vo (K Nopto + K Nopt1p + K Noptap® + K nopt3p®) [037) X Nort

The second expression is based on a larger data sample. For power available calculations, P = P, (Nypec);
for power required calculations, P = P,(N).

21-5 Power Available

Given the flight condition and engine rating, the power available P, is calculated as follows. The
specific power and referred mass flow (at Nyp.., relative to S P, and 7 for this rating) are approximated
by functions of the ambient temperature ratio # and inlet ram air ratios:

SPy(Nspec) = SPy 0 Kgpg [5M \/@] Xepa
Mq(Nspec) = 1o (6/\/§> eKmsa {5M\/@} Xmfa
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where the static lapse rate (K,p,, K fq) and ram air exponents (Xgpq, Ximyfq) are piecewise linear
functions of §. The power available is then

Pa Ns ec i a Ns ec XspatXmra

Pa(Nspcc) = PO S ( P ) mn ( P ) - PO (5\/5) KspaeKmfa |:6IW \V 9M:| !
SPO mo

This expression for 71, is used only to calculate P,; elsewhere the 72, expression below (for performance

at power required) is used to obtain the mass flow at a power P,. Finally

1 —[(N/Nopt) — 1|XN'7

Pa(N) = Pa(NspeC) 1-— |(NspeC/N0pt) - ]‘|XNU

is the power available at turbine speed N. Installation losses P are subtracted from P, (P,, =
P, — Pioss), and then the mechanical limit is applied: P,, = min(P,y, " Pmechr), 7 = N/Nspec- The
mechanical limit is properly a torque limit, Qmech = Pmech/Nspec, DUt is expressed as a power limit for
clarity.

For a simple model, the power available can be constant, P, = Py; or the referred power can be
constant, P, = Py(6+/6); without any effect of power turbine speed.

21-5.1 Piecewise Linear Parameters

Several parameters K are input as piecewise linear functions of the temperature ratio §. One format
of the input is a set of I regions, with the function in the i-th region given by K = K, + K1;6. The break
point between the ¢ and i — 1 regions is

Ko — Kogi—1)
Ky — K-y
Ky = Koi + K140,

Opi = —

for i = 2 to I. Another format is a set of I + 1 break points, with the values at the i-th point (6y;, Kp;)-
Then the coefficients between i and 7 + 1 are

Kyibp(iv1) — Kyit1)0bi

Koi =
o Op(ir1) — Obi
Ky = _é(bi + Kb(eiJrl)
bi+1) — Obi

for i = 1to I. The interpolation is performed using K = Ko; + K1,0 for 6 in the range 0y; to Op(;11).
Outside the defined regions, the linear expression is continued; hence 6,; is used only for i = 2 to I.

21-6 Performance at Power Required

The engine performance (mass flow, fuel flow, and gross jet thrust) is calculated for a specified power
required P, (which might equal the power available), flight condition, and engine rating. Installation
losses Pioss are added to Py (P; = Preqg + Ploss). The referred quantities (relative to SLS static MCP
quantities) are approximated by cubic functions of ¢ = P,(Nepec)/(Pocdv0):

treq = oo (5\/5) (Kppa0+ Ky + Kppopd® + Kppgaa®) 0]
mreq = mOC (6/\/5) (KquO + Kqulq + Kqu2q2 + Kqu3q3) [GM]XMM

X
Fy = Fyoc (9) (ngqO + Kfgq1q + Kfyq2‘12 + ngq3q3) [Onr] T
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at Nypec, With woc = sfeoc Poc. The mass flow and fuel flow are primarily functions of the gas power P,
and are assumed to be independent of 7;, hence independent of turbine speed. However, these equations
are functions of P;(Nspec), obtained from P, (V) using

1 — |(Nspee/Nopt) — L[*~

Pq(Nspec) = Pq<N) 1— ‘(N/Nopt) _ 1|XN77

Then the installed net jet thrust Fy and momentum drag D, are calculated.

For a simple model, the referred performance can be constant:

Wreq = WoC (5\/@)(1 = sfeoc Py
Tipeq = 1i0c (8/V/8)
Fy = Fyc (5)

without any effect of power turbine speed.

21-7 Scaling

The parameters of the engine model can be defined for a specific engine, but it is also necessary to
scale the parameters as part of the aircraft sizing task, in order to define an engine for a specified power.
In addition, advanced technology must be represented in the model. Scaling and advanced technology
are handled in terms of specific power and specific fuel consumption (at SLS static conditions, MCP, and
Nipec). Figures 21-1 through 21-3 present historical data for engine specific fuel consumption, weight,
and specific power; the variation at a given power reflects technology insertion with time.

The engine model includes reference values of the engine performance parameters: Pyr, SPor,
Prechr,Stcoc, SFoc s Nspec, and Nopioc - Mass flow and fuel flow are obtained from rivgr = Por/SPor and
woc = sfcoc Poc- The reference power at each engine rating R defines a ratio to MCP: r,0r = Por/Poc-
Similarly for specific power and mechanical limits: r,0g = SPor/SPoc and r0r = Pmechr/Poc - These
ratios are kept fixed when the engine is scaled.

The engine size is specified as takeoff power P, = Pen,, Which is the power at rating R, for SLS
static conditions and specification turbine speed Ngpe.. Hence the MCP is Py = P,,/rpor, and the
power at all other ratings follows. If Py is not equal to the reference value of the engine model, then
the engine is scaled. To reflect advanced technology, the specific power, specific fuel consumption,
and specification turbine speed can be specified: SPyc = SPiech, sfcoc = sfciech, and Ngpec = Niech
(replacing the engine model reference values). The default values are the reference values of the engine
model. In the following paragraph, the subscript “tech” refers to these quantities; the subscript “ref”
means the engine model reference values.

The engine technology parameters .S Py and sfcoc are assumed to vary linearly with mass flow 7gc
up to a limit i, , and constant thereafter at S Py, and sfeyi,, . The mass flow at the technology condition
i8S Mtech = Prot/S Piech» With the technology values S P;qq, and sfeqqc,. The intercept values are projected
from the technology values: K0 = SPiech — Ksp1itechr Kspt = (SPim — SPiech)/(Miim — Mitecn); and
similarly for sfc. Then for moc < mim

SPOC’ = KspO + KsplmOC

sfcoc = Kspeo + Ksfeimoc
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and for moc = Miim
SPyc = SPim

sfcoc = sfelim
These equations are used if 71i, > 7igech. Otherwise the model sets K,y = K pe1 = 0, so there is no
variation with scale: SPyc = SPiech and sfcoec = sfeieen. Usually the effect of size gives K, > 0 and

Kfeo < 0. The power at the limit is Pim = SPimnuim. Figure 21-4 illustrates the scaling of SP, sfc,
and SW.

Using o = Poc/SPoc, the specific power equation can be solved for the mass flow given the
power:

POC/Kspo Kspl =0
Moc = Poc/SPiim Pyc > Pim
(2?1 )2+ PKLIC - 21;01 otherwise

From this mass flow, SPy¢ and sfcyc are calculated, hence the fuel flow woc = sfeoe Poc. The specific
thrust available at MCP is assumed to be constant, and the specification power turbine speed decreases
with the mass flow:

Fooc = SFoc moc
Nspec = (Nspec - KNSZ/ V mOC)t I + KNSQ/ V moc = Kns1 + KNSQ/ V moc
(NoptOC)ref

Nspec = KNoNspec
Ntech

NoptOC’ =

Then the power and specific power at all ratings R are obtained from the ratios: Por = rporPoc,
SPyr = rsorSPoc, and Puechr = TmorPoc -
The actual (perhaps scaled) values of the performance parameters are available for the engine group:

POR, SPORa PmeChRa SfCOC’ FgOCa Nspec’ and NoptOC-

21-8 Engine Speed

The model as described in the previous sections may not adequately account for variation of engine
performance with engine speed, so it is also possible to define the parameters corresponding to a set
of engine speed ratios »r = N/Ng,e.. Then the engine performance and power available quantities are
linearly interpolated to obtain the values at the required engine speed N. If this option is used, then the
correction based on P(N)/P(Nspec) = 1:(N) /1t (Ngpec) 1s not applied.

21-9 Weight

The engine weight can be a fixed input value, calculated as a function of power, or scaled with
engine mass flow. As a function of power, the weight of one engine is:

WOHC eng — KOcng + chngp + KQCngPXEHg

where P is the installed takeoff power (SLS static, specified rating) per engine. A constant weight per
power W/P is given by using only Kien.. Alternatively, the specific weight SW = P/W can be scaled
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Figure 21-1. Historical data for turboshaft engine specific fuel consumption.

with the mass flow rgc. The scaling is determined from the specific weight SW,¢¢ at the mass flow
Thiech , and the limit SW;,, at my;m. Then

szO + szlmOC mOC < mlim
SW =

SWiim moc > Miim
(f 1Miim < Mgech, then K1 = 0,80 SW = SWier) and Wone eng = P/SW.

21-10 Units

In this engine model, only the reference values and scaling constants are dimensional. Conventional
English units and SI units are shown in table 21-1. Units of specific power and specific fuel consumption
follow from these conventions.

Table 21-1. Conventional units.

power P mass flow m fuel flow w force F turbine speed N
English: horsepower pound/sec pound/hour pound rpm
SI: kiloWatt kilogram/sec kilogram/hour Newton rpm

21-11 Typical Parameters

Typical values of the principal parameters describing the engine and its performance are given in
table 21-2 for several generic engine sizes. These values represent good current technology. Advanced
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technology can be introduced by reducing the specific fuel consumption and weight, and increasing the
specific power. Typical ratios of the power, specific power, and mass flow to the values at MCP are
given in table 21-3 for several ratings. Figure 21-5 shows typical performance characteristics: fuel flow
w, mass flow i, and net jet thrust Fy; variation with power P and speed (referred quantities, normalized,
at Ngpec). Figure 21-6 shows typical variation of the power available with engine turbine speed. Figures
21-7 to 21-12 show typical power available characteristics: specific power SP, mass flow 72, and power
P variation with temperature ratio ¢, for static and 200 knots conditions and several engine ratings
(referred quantities, normalized, at Nypec).

Table 21-2. Typical engine performance parameters.

power (MCP) Poc 500 1000 2000 4000 8000 16000 hp

specific power SPyc 116 125 134 143 153 164 hp/lb/sec
mechanical limit Poean 750 1500 3000 6000 12000 24000 hp
specific fuel cons.  sfcoo 0.54 0.48 0.44 0.40 0.38 0.35 Ib/hp-hr
specific jet thrust SFyo 59 7.3 89 11.0 13.6 16.7 Ib/1b/sec

gross jet thrust Fypoc 25 58 134 308 707 1625 Ib
mass flow Moc 4.3 8.0 15.0 279 52.1 973 Ib/sec
turbine speed Nspec 35600 26100 19100 14000 10200 7500 rpm
weight wW/P,, 034 0.23 0.18 0.16 0.16 0.15 Ib/hp

Table 21-3. Typical parameter ratios for various ratings (percent).

IRP MRP CRP Prech
power Py/Poc 120 127 133 150
specific power SPy/SPyc 117 123 128

mass flow o /Thoc 102.6 103.2 103.9
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Figure 21-3. Historical data for turboshaft engine specific power.
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Figure 21-5. Fuel flow, mass flow, and net jet thrust variation with power.
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Figure 21-7. Specific power variation with temperature ratio, static.

temperature ratio 6

Figure 21-8. Specific power variation with temperature ratio, 200 knots.
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Figure 21-10. Mass flow variation with temperature ratio, 200 knots.
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Chapter 22

Reciprocating Engine Model

A reciprocating engine generates power by means of reciprocating pistons that convert pressure
into a rotating motion. Each piston is inside a cylinder, into which a gas is introduced, either already
under pressure (external combustion, as in a steam engine) or heated inside the cylinder by ignition
of a fuel-air mixture (internal combustion). The hot gases expand, pushing the piston to the bottom
of the cylinder. Here only internal combustion engines are considered, perhaps more appropriately
identified as intermittent combustion engines, to distinguish them from the continuous combustion of
gas turbines and jet engines. An internal combustion engine is either a spark-ignition engine, where a
spark plug initiates the combustion; or a compression-ignition engine, where the air within the cylinder
is compressed, heating it and thereby igniting fuel. Internal combustion engine performance is described
in reference 1.

Design and analysis codes calculate aircraft performance for a very wide range of operating con-
ditions. Thus engine performance must be realistic even far from the engine design point. A simple
thermodynamic cycle analysis is not realistic for such an application. Rather than developing high
fidelity analyses, the approach taken is to use a model for the total engine performance. The engine is
not being designed.

The Reciprocating Engine Model is based on curve-fits of performance data for existing or projected
engines over a range of operating conditions. The operating condition is described by pressure altitude,
ambient air temperature, flight Mach number, engine speed, and either engine rating or engine power
required. These curve-fits, typically based on real engines, are scaled to the required size and adjusted
to the appropriate technology level to represent a notional engine. Engine size is represented by power.
Engine technology is represented by specific fuel consumption and power-to-weight ratio. Engine
installation losses are also modeled.

22-1 Operating Environment

The operating condition and atmosphere give the standard conditions (temperature 74 and pressure
psta) for a specified pressure altitude; the sea-level standard conditions (temperature T, and pressure
po); and the operating temperature 7" and pressure p. Here the temperatures are °R or °K. The engine
characteristics depend on the density ratio o = p/po and the temperature ratio § = T'/Tj.

The flight Mach number M = V/c, = V//cy01/0 is obtained from the aircraft speed V.

The inlet ram air temperature ratio and pressure ratio are obtained then from M and the inlet ram
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recovery efficiency 74:
_ y—1. 9 _ 2
bar = (14 5= M* ) = (1+0.2M7)
1 0
— y—1
Sar = (1 + %ndMQ) — (1+40.29,M%)*°

where the ratio of specific heats v = 1.4. The ram density ratio is oy = dps/0y . The engine mass flow
and power available depend on (o + Aoy ), where Aoy = opr — 1

22-2 Reciprocating Engine Performance

The engine work per cycle for a reciprocating engine is W = Pn./R; where P is the power,
R = N/2r the rotational speed (rev/sec, N in rad/sec), n. the revolutions per cycle (n. = 2 for a 4-stroke
engine, n. = 1 for a 2-stroke engine), and R/n. is the cycles per second. The piston area is A,, bore
b, stroke k; the engine displacement V; = A,k (swept volume). The mean piston speed is defined as
s = 2Rk (1/2R is the time for one stroke). Thus A,s = 2RV,. The mean effective pressure (mep) is
defined as

W Pn, P Qn.2m
mep = = =

Vd T V4R Aps/2n, Wy

from the power P = NQ = 27 R(Q); so mep is the specific torque. The power and torque can be written
in terms of mep:

P = (mep)VygR/n. = (mep)A,s/2n,

Q = (mep)Vy/2mn, = (mep)A,k/2mn,
The specific output is P/A,, = (mep)s/2n..

The engine output is the brake horsepower (BHP), which equals indicated power less friction power:
BHP = IHP — FHP = IHP — (MHP + PHP + CHP + AHP — THP)

The friction power is composed of losses due to mechanical friction (MHP), pumping (PHP, the work of
the piston during inlet and exhaust strokes), compressor or supercharger (CHP), auxiliary or accessories
(AHP, such as oil pump, water pump, cooling fan, generator), and exhaust turbine (THP, treated as
negative friction). The mechanical efficiency is » = BHP/THP.

The sum of airflow (1 = w,) and fuel flow (w = wy) is the charge flow: w. = ws +w,. The fuel-air
ratio is F' = wy/w,. The stoichiometric (chemically correct) fuel-air ratio is about Fyqicn = 0.068 for
both gasoline and diesel. Rich mixture (fuel-air ratio) means extra fuel and lean mixture means extra
air. The fuel-air equivalence ratio is ¢ = F'/ Fyoich. The mass flow is

M = eyMideal = €uPiVa(R/Nc) = eppiAps/2n. = o;N(eypoVa/(27n.))

where p; is the density at the intake and e, = 771/1iqea1 1S the volumetric efficiency. Including the
influence of forward speed, p; = po(c + Aoys). Typically e, = 0.8 to 0.9. The fuel flow is then «w = Frn.
The indicated power P, is the product of the fuel flow, fuel specific energy (ef1 = JQ., from the heat
of combustion Q. and Joule’s constant .J relating work and heat), and thermal efficiency:

P, = epuanin = (efuel’f]thF)m = UiN(efuelnt}zF) (e’upOVd/(2ﬂ'nc))
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The specific fuel consumption is
sfc = w/P = 1/(esmelNtn)

and the power to mass flow ratio is
P/ = epganin F = F/stc = (mep)/(eyp;)

These equations all have constant factors when conventional units are used.

From m ~ e,p; and P ~ e, pnenF, it follows that mass flow and power are proportional to the
density ratio o = 4/6. For unsupercharged engines at constant fuel-air fraction and constant throttle,
typically e,p; ~ p/v/T (ref. 1). Similarly, operating curves give +1% power change for +6°C at constant
pressure altitude and manifold pressure, implying again P ~ 1/+/T. The implication is that mass flow,
indicated power, and imep are proportional to §/v6 = /6.

The engine has a limit on bmep (hence torque) corresponding to detonation limits (spark-ignition)
or thermal and loads limits (compression-ignition) at maximum power. This limit is defined in terms
of power at a specified engine speed. Load limits associated with mean piston speed give an engine
speed limit. Maximum throttle, encountered at a critical altitude or critical density, can be expressed as
a power limit that varies with engine speed. These limits depend on the rating, fuel-air ratio (lean or
rich), and supercharger speed.

22-3 Performance Characteristics

The engine performance is described by the uninstalled power available P,, as a function of flight
condition and engine rating; the mass flow 7 and fuel flow w required to produce uninstalled power
required P,; and the gross jet thrust. The installed power required P,., and power available P,, > P,
are measured at the engine output shaft. In addition to shaft power, the engine exhaust can produce a
net jet thrust Fy, from mass flow that goes through the engine. The difference between net and gross
jet thrust is the momentum drag: F,, = F,; — 1ity¢qV = mireq(V; — V), where V; is the engine jet exhaust
velocity. The forces produced by mass flow that does not go through the engine (such as cooling air)
are treated as momentum drag D,x.

The engine performance depends on the rating. Typical ratings include maximum continuous power
(MCP) and takeoff power. The rating structure of the model includes dependence on fuel-air ratio (lean
or rich) and supercharger speed.

The reference performance is at sea-level-standard static conditions (subscript 0). For each rating R,
the performance is characterized by the following quantities: power Pyr and specific fuel consumption
sfcor; fuel-air ratio Fyg; specific thrust SFjr; mean effective pressure (mechanical) power limit Ppepr
and critical power P..;;r; and a reference engine speed Nyr. Then the mass flow is rmgr = wor/For, and
the fuel flow wor = sfcor Por. The gross jet thrustis Fyor = SFortor (SFor = Vjor). The specification
engine speed is Nypec.

22—-4 Installation

The difference between installed and uninstalled power is the installation loss: P,, = P, — Poss and
P,cq = P;— Poss. Thisloss is modeled by an efficiency factor: Pioss = (1 —7i0ss) Pa OF Pioss = (1—110ss) Py,
where nioss = lin + Lo, The engine model gives the gross thrust F,. The installed gross jet thrust is
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Fa = Kyg4F,, where K4, accounts for exhaust effects. The net jet thrust is Fy = Fg — 7ityeqV. The
momentum drag of the auxiliary air flow is a function of the mass flow 1maux = fauxireq:

Daux = (1 - naux)mauxv = (1 - naux)fauxmreqv

where 7., is the ram recovery efficiency.

22-5 Power Available

Given the flight condition and engine rating, the power available P, is calculated from:
P, = PyK, (0 + KpamAop )r¥eN 9%

where the engine speed ratio is r = N/Ny. The factor K, is included so P, is a relevant reference power,
instead of the power extrapolated to sea-level conditions. K., permits adjustment (or suppression)
of the effect of flight speed. The exponents X,y and X, are obtained by fitting the engine operating
curves. The reference engine speed Ny corresponds to Fy.

Maximum throttle, encountered at a critical altitude or critical density, is expressed as a power
limit that varies with engine speed: P, = min(P,, Peitrr~<t), where r = N/Ny. The exponent X, is
obtained by fitting the engine operating curves.

Installation losses P, are subtracted from P, (P,, = P, — Pioss), and then the mechanical limit
(mean effective pressure) is applied: P,, = min(P,,, 7Pmnechr), " = N/Nspec. The mechanical limit is
properly a torque limit, Qmech = Prmech/Nspec, DUt is expressed as a power limit for clarity. The mep
limit Pepr 1s specified at the reference engine speed Nyg, hence Pyechr = Pmepr(Nspec/Nor)-

22—6 Performance at Power Required

The engine performance (fuel flow, mass flow, and gross jet thrust) is calculated for a specified power
required P, (which might equal the power available), flight condition, and engine rating. Installation
losses Pioss are added to Py (Py = Preq + Ploss). The fuel flow and fuel-air ratio are approximated by
cubic functions of ¢ = P,/ Fy:

treq = o (Kfrqo + Krrq1q + Krpopq® + Kppgsq®) ri0a0X07 = aig Ky g (q)rXiiigXise
Freqg=Fy (Kpgo + Krq1q + Krgpq® + Kpgsq®) r¥7e = FyKpg(q)rX"e

where the engine speed ratio is » = N/N,. The reference engine speed Ny corresponds to Py. Alterna-
tively, Kyrq(q) and Kr,(q) can be specified as piecewise-linear functions of ¢. The constants (K4,
Krq,) and exponents (X ., Xpq) are obtained by fitting the engine operating curves for sfc and F.
For constant specific fuel consumption, K;,(¢) = ¢. For constant fuel-air ratio, Kr,(q) = 1; for fuel-
air ratio proportional to power, Kp,(q) = ¢. If Fyicn 1s used for Fy, the fuel-air equivalence ratio is
¢ = F/Fyoich = Kpq(q)r¥ra .

The mass flow is i = w/F. The gross jet thrust is F,, = SFyrrn. The installed net jet thrust Fiy
and momentum drag D, are calculated from the mass flow.

22-7 Scaling

The parameters of the engine model can be defined for a specific engine, but it is also necessary to
scale the parameters as part of the aircraft sizing task, in order to define an engine for a specified power.
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The engine model includes reference values of the engine performance parameters: Pyg, sfcor,
Fors SFors Pmepr» Peritr> Nor, Nspec. The actual (perhaps scaled) values are available to the engine

group.

The engine size is specified as takeoff power P,, = P, which is the power Pyx atrating R = X,
for SLS static conditions. If Pyx is not equal to the reference value of the engine model, then the engine
is scaled. The reference power at each engine rating R defines a ratio to MCP: r,0r = Por/Poc. The
reference engine speed gives the ratio rnor = Nor/Nspec- These ratios are kept fixed when the engine
is scaled. Hence the MCP is Py = P,,/rp0r, and the power at all other ratings follows.

The size of geometrically scaled engines can be represented by the cylinder bore b. The specific
output, mean piston speed, and specific fuel consumption are relatively weak functions of size (ref. 1).
It is assumed that P/A, ~ b=Xe, s ~ b=Xs sfc ~ b=%s. Hence P ~ =X and Nypec ~ s/k ~ b~ 17%s,

Including scaling terms linear with the power gives
sfcor = sfcopret (1 + Kier (p7/ 7% — 1) 4 Koo (p — 1))
Nspec = Nspoc—ref (1 + K nepoer (p™ X/ C=Xo) 1) 4 Knoeea(p — 1))
where p = Peng/Poxret. For example, X, = 0.2, X, = 0.3, X = 0.1 for diesel engines (ref. 1).
Prep and P, scale with power:

Por = Pocrpor
Peoitr = PoRTeritR
PrechR = Pmepr(Nspec/Nor) = PorTmepR
where 7eritr = Perit—retrR/PoRret 0d Tmepr = (Pmep—ret/ Porret ) (Nspec—ret /Norret). The engine speed

scales with Nypec: Nor = Nepec™NOR-

22-8 Weight

The engine weight can be a fixed input value, or calculated as a function of power. As a function
of power, the weight of one engine is:

Wone eng — KOeng + KlengP + ngngPXe"g

where P is the installed takeoff power (SLS static, specified rating) per engine. A constant weight per
power W/ P is given by using only Kjeyg.

22-9 Units

In this engine model, only the reference values and scaling constants are dimensional. Conventional
English units and SI units are shown in table 22-1. Units of specific power and specific fuel consumption
follow from these conventions.

Table 22-1. Conventional units.

power P mass flow 7 fuel flow w force engine speed N mep

English:  horsepower pound/sec pound/hour pount rpm pound/in?
SI: kiloWatt kilogram/sec  kilogram/hour Newton rpm kN/m?
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22-10 Typical Parameters

The maximum brake mean effective pressure is 125-300 Ib/in? (850-2050 kN/m?). Reciprocating
aircraft engine mean piston speed at maximum power is typically 10-16 m/sec for geared engines.
Direct drive aircraft engine speeds are typically limited by propeller tip speed. Stoichiometric (exact
chemical) fuel-air ratios are given in table 22-2 for a number of fuels. The fuel-air equivalence ratio is

(b = F/Fstoich-

Spark-ignition engines can run at stoichiometric fuel-air ratio (¢ = 1). Typical operating fuel-
air ratios are ¢ = 0.8 to 1.5, with rich values up to ¢ = 1.8 for takeoff power. Modern “lean-burn”
spark-ignition engines use Gasoline Direct Injection (GDI) to get ¢ below 0.3 at low power. Highly
supercharged engines at maximum power run rich. From reference 1, the highest power for each throttle
setting is at ¢ = 1.1, with best brake economy at ¢ = 0.9 (full load) to ¢ = 1.1 (zero load).

Compression-ignition engines run lean, limited by incomplete combustion. Typical operating fuel-
air ratios are ¢ = 0.2 to 0.8, with bmep increasing with ¢. Best break economy is near ¢ = 0.5 (ref. 1).

Table 22-2. Stoichiometric fuel-air ratios.

fuel Fstoich fuel Fstoich
gasoline 0.0678-0.0685 propane 0.0638
diesel 0.0690-0.0697 ethanol 0.111
hydrogen 0.0292 methanol 0.155
natural gas 0.058 methane 0.0581

22-11 References

1) Taylor, C.F. The Internal-Combustion Engine in Theory and Practice. Volume 1: Thermodynamics,
Fluid Flow, Performance. Second edition. Cambridge, MA: MIT Press, 1966.
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Compressor Model

A compressor converts input shaft power to a jet velocity and thrust. The shaft power contributes
to the propulsion group power required. The compressor does not use fuel.

The operating condition is described by pressure altitude, ambient air temperature, flight Mach
number, and either compressor rating or power required. The parametric model is scaled to the required
size and adjusted to the appropriate technology level to represent a notional compressor. Compressor
size is represented by mass flow. Technology is represented by specific power available at maximum
continuous power (MCP), sea level/standard day (SLS), static (zero airspeed) conditions. Installation
effects are also modeled.

23-1 Operating Environment

The operating condition and atmosphere give the standard conditions (temperature T4 and pressure
psta) for a specified pressure altitude; the sea-level standard conditions (temperature T, and pressure pg);
and the operating temperature 7" and pressure p. Here the temperatures are °R or °K. The characteristics
depend on the temperature ratio § = T'/T;, and pressure ratio 6 = p/py.

The flight Mach number M = V/c, = V//cy01/0 is obtained from the aircraft speed V.

The inlet ram air temperature ratio and pressure ratio are obtained then from M and the inlet ram
recovery efficiency 74:

—1

O = (1 + VTM’Z) — (1+0.2M?)
-1 2 7 235

o =11+ ?ndM = (1 + 0.2ng M )

where the ratio of specific heats v = 1.4.

23-2 Performance Characteristics

The uninstalled power required is P,, the power available P,, the gross jet thrust F¢;, and net jet
thrust Fy. The compressor model calculates P, as a function of flight condition and rating; or calculates
jet thrust and mass flow at P,. The specific power is SP = P/, the specific thrust is ST = Fg /. The
forces produced by mass flow that does not go through the core are treated as momentum drag D,x.

The reference performance is at sea-level-standard static conditions (subscript 0), and MCP (sub-
script C'). For each rating R, the performance is characterized by the following quantities for sea-level-
standard static conditions: Power Pyg, specific power SPyr, and mechanical power limit Pyechz. The
mass flow is then rhgr = Por/SPor.
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The difference between net and gross jet thrust is the momentum drag: Fy = Fg — 1., V. Note
that traditional units for mass flow are pound/sec (pps), while this equation requires slug/sec (riv,eq/g
replaces 1, eq).

23-3 Installation

The difference between installed and uninstalled power is the inlet and exhaust losses Poss:

Pav:Pa_Boss
Preq:Pq*Ploss

The inlet and exhaust losses are modeled as fractions of power available or power required: P,ss =
(lin + Leg) Py OF Pioss = (Uin, + Leg) Py. SO

P(w = Pa(l _Zin _éew)
Pq = Preq/(]- _gin _éez)

The momentum drag of the auxiliary air flow is a function of the mass flow 1maux = fauxMireq:
Daux = (1 - naux)mauxv = (1 - naux)fauxmreqv

where 7., is the ram recovery efficiency.

23-4 Power Available

Given the flight condition and engine rating, the power available P, is calculated as follows. The
specific power and referred mass flow (relative to SP, and 1o for this rating) are approximated by
functions of the ambient temperature ratio 6, here just:

SP, = SPy0 [5M \/@} Xopa
tia = 1itg (6/V0) [63V/Bui] msa
The power available is then
P, = SP,in, = Py (5\/5) {5M\/ﬂ} XepatXomfa

This expression for 71, is used only to calculate P,; elsewhere the 12, expression below (for performance
at power required) is used to obtain the mass flow at a power P,. The influence of compressor rotational
speed is not considered.

23-5 Performance at Power Required

The compressor performance (mass flow and gross jet thrust) is calculated for a specified power
required P,, flight condition, and rating. Installation losses P are added to Preq (Py = Preg + Ploss)-
The referred quantities (relative to SLS static MCP quantities) are approximated by functions of ¢ =
Py/ (PocV/0):

Mreq = 1MoC (6/ \/5) (Kmfao + K16+ Kngopa® + Kinggsq®) [0a] 7

X
Fy = Fyoc(9) (Kfyqo + Kfgqq + ngq2q2 + ngq3q3) [Onr] 720
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Then the installed net jet thrust 7y and momentum drag D, are calculated. The influence of compressor
rotational speed is not considered.

For reaction drive, the power and mass flow are obtained to produce the required rotor reaction
force

FG'req = Myeact Vieact = Freact + Mreact 2react

Arrays of

q = Py/(Poc(6V0)
Kygq = Fy/(Fyo0(0) [HM]ngq) = Kfgq0 + Kfgq1q0 + ngq2q2 + K4fgq3q3
Kinfq = m/(moc(a/\/é) [QM]meq) = Kmfq0 + Kmfq1q + Kqu2q2 + Kqui%qg

hence net force
fn = Freact/(EqOC((s) [QM]ngq)

are interpolated given Feac; and Qrpeact to find q.

For flow control drive, the power and mass flow are obtained to produce the required rotor momen-
tum flux Fgreq = Y FGreq comp, Summed over all components using the flow control. Arrays of ¢, K4,
K, tq and hence net force f,, are interpolated given Fg,., to find g.

23-6 Scaling

The parameters of the compressor model can be defined for a specific compressor, but it is also
necessary to scale the parameters as part of the aircraft sizing task, in order to define a compressor for
a specified power. In addition, advanced technology must be represented in the model. Scaling and
advanced technology are handled in terms of specific power and specific thrust (at SLS static conditions
and MCP).

The compressor model includes reference values of the performance parameters: Pyr, SPyr, and
Precnr- Mass flow is obtained from ror = Por/SPor. The reference power at each rating R defines a
ratio to MCP: rpor = Por/Poc. Similarly for specific power and mechanical limits: r40r = SPor/SPoc
and 7,,0r = Puechr/Poc. These ratios are kept fixed when the compressor is scaled.

The compressor size is specified as power P.,,, which is the power at takeoff rating R, for SLS
static conditions. Hence the MCP power is Poc = P,,/rpor, and the power at all other ratings follows.
If Py is not equal to the reference value of the compressor model, then the compressor is scaled.

23-7 Weight

The compressor weight can be a fixed input value, or calculated as a function of power. As a
function of power, the weight of one compressor is:

X
Wone eng — KOcomp + chompP + KQcompP comp

where P is the installed power (SLS static, specified rating) per compressor. A constant weight per
power W/ P is given by using only Kicomp.-
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Chapter 24

Motor Model

A motor converts electrical energy (fuel) to shaft power. A generator converts input shaft power to
electrical energy, and the shaft power contributes to the propulsion group power required. The model
follows references 1 to 4.

24-1 Motor Characteristics

The motor or generator size is defined by the maximum power available, P.x = Peng, and a
peak torque Qpeak. For clarity, the torque limit is expressed as a power limit Ppeai, such that Qpeax =
Pyeak/Nspec: SO Ppeak 18 the torque limit at Nypec, and Ppeax (N/Ngpec ) 1s the torque limit at engine rotation
speed N. The ratio of maximum power and peak torque is the base rotational speed: Pax/@peak = Nbase;
at Npase, the power and torque limits coincide. It follows that Nyase = (Pmax/Ppeak) Nspec. Figure 24-
1 shows the maximum power and peak torque for a number of motors. The base rotational speed
is typically Npase = 700-7000 rpm, lower for high-torque motors. The ratio of maximum power to
continuous power is typically MRP/MCP = 1.25-3 (fig. 24-2).

Motor weight depends primarily on the peak torque. Figure 24-3 shows the weight for a number of
motors. For a given size, there is a wide range of @/ values. Here high torque-to-weight is defined as
Q/W > 3.5 ft-1b/lb. Motor electrical controller weight is typically 10-30% of the basic motor weight,
up to 70% for small motors. The density is typically 100-250 1b/ft? (fig. 24-4).

The engine performance is described by the power available P, at each engine rating, and the energy
flow E required to produce the power required P,. The specific fuel consumption is sfc = E/P (inverse
of efficiency). For each rating R, the maximum power is Py, and the torque limit is Ppeakr.

24-2 Installation (Thermal Management System)

The difference between installed and uninstalled power is the thermal management system losses
Prys: Pay = Py — Prus and P, = P, — Prus (added for generator). The system mass flow s
depends on the motor rejected heat P,;; the power Pryg and gross thrust Fi; depend on the mass flow.
The net jet thrust is Fy = Fg —mrusV . The size of the thermal management system (including weight)
is determined by a design rejected heat P,ej_design, perhaps specified as a fraction of the motor size P,,,.

The motor shaft power required is P,.,, and the gross (uninstalled) power is P, = P,y + Prus.
The rejected heat is P,; = E‘Teq — P, = P,(1 — Dmotor)/Mmotor- From nmetor €valuated for Preq, Prej
gives the mass flow mrys, and then the power Prys and gross thrust F;. Then 7,10, 1S evaluated for
P, = P,¢q + Prus, and the electrical power required is E,.eq = P, /Nmotor-

The generator shaft power required is P,¢,, and the net (uninstalled) power is P, = P.¢q — Prus.
The rejected heatis P,; = P, — Ereq = P, (1—Nmotor). From nmetor €valuated for P, Prej gives the mass
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flow mrms, and then the power Pryg and gross thrust Fg. Then nyotor is evaluated for P, = P,.., — Prus,
and the electrical power produced is E'Teq = Pyfmotor-

Using referred variables, the mass flow, power, and gross thrust are

. XTMsm
MTMS P
< ) = K1rMmsmo + KTrMmsmi1 (

/0 5V
Prus ) (mTMS ) Xmsy
- K I K s
( 5\/§ TMSpO TMSpl 5/\/5
I TMTMS Xrwss
— | =K K
( 5 ) TMSf0 T LA TMSf1 (6/\/5)

The weight of the thermal management system is obtained from the design rejected heat Pej—design:

. XrMSwp 2 XTMSwm
Wrms = Krmswo + KTMSWlPrej—designmrej—design

where 17ej—design 15 calculated from Pyej—design -

24-3 Power Available and Performance at Power Required

Given the flight condition and engine rating R, the power available is
P, = min(PORa ercakR)

where r = N/Ngpec, and N is the motor rotational speed.

The performance is calculated for a specified power required (which might equal the power avail-
able), flight condition, and engine rating. The motor power required determines the energy flow:

Ereq = EOCQ@(Q7 n) = Pq/nmotor

where ¢ = P;/Peng, n = N/Ngpec, and nimotor 18 the motor efficiency. The generator energy flow to the
fuel tank is related to the power required:

Ereq = EOCge (Qa n) = Pqnmotor

where n0t0r 1S the generator efficiency.

24-4 Efficiency

Motor loss sources include copper (internal resistance, proportional to current-squared hence
torque-squared), iron core (eddy current and hysteresis, proportional to rotational speed), and me-
chanical (friction, proportional to speed, and windage, proportional to speed-cubed). Equivalent circuit
and efficiency map models are implemented. The efficiency can also be a fixed value. The efficiency is
evaluated at the uninstalled power P, .

24-4.1 Equivalent Circuit

The motor or generator efficiency as a function of power is estimated considering an equivalent
circuit, defined by internal resistance R and current I,. The voltage is V =V, — IR. The efficiency is
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Nmotor = P/(P + Plogs), from the power loss Poss = I2R + P,. For small loss, I = P/V,. In terms of

Peng, let
1 1
R/V? = ( — 1)
/ Peng Nref
P() = CPeng
Then
1 P 1 P,
=1+P(R/V?) +P,/P=1 -1 —Ze
Thmotor * ( / ° ) i 0/ * Peng (nref > te P

SO Nmotor = (1/Mret+¢) "t at P = P..;. The efficiency decreases with P because of the internal resistance,
but is zero at P = 0 because of the internal current term.

24-4.2 Efficiency Map

The motor or generator power loss is described as a polynomial in the motor torque and rotational
speed:

3

3
Pioss = engfloss Z Z Cijtinj
i=0 =0
where ¢ = P,/ Peng,n = N/Ngpec, and t = g/n. The factor fi.ss allows adjustment of the peak efficiency.
Controller losses, including power conversion and conditioning, are represented by an efficiency 7cont .

Then
P q

. tq  _ cont —————————
Pyt Poss ™ G+ Pross/ Peng

Mmotor = Tlcont

is the motor or generator efficiency. Constant efficiency implies just C;; = 1/n — 1. The copper, iron,
and windage losses imply Ploss = K.Q? + K;N 4+ K, N? + Ko = Peng (C20t? + Co1n + Cozn® + Coo).-

Consider an efficiency map with a peak g at tg = Qo/Qeng and ny = No/Ngpec. Taking the
derivatives of (Caot? + Co1n + Cosn® + Cog) = nt(1 — n)/n with respect to ¢ and n, and evaluating at ¢,
and ng so 9n/0t = dn/On = 0, gives

to 1—mno  3Co0

Co1 = -
o1 4 n 2ng
o = to =m0  Coo
B2 2n3
ng 1—mno
Cpo = 0~ 10
207 2t 7o

(ref. 2). Note that Cy; > 0 requires Cpo < (noto/6)(1 —n9)/n0-

In general, expanding the efficiency in ¢ and n about the peak gives

1 Hoss Plossl 1 " 2 e ~ ~ 2
. 1= —+1%—(1+at—1 b= D=1 +c(i—1 )
F o= e 1 L (1 e 1P - D 1) ol )

where t = t/t; and 77 = n/ng. Hence

%S; =tn (% - 1) =tn {% (1 +a(t =12+ bt —1)(n—1) +c(n - 1)2) — 1} +d(t—1)*(n—1)?

The last term is introduced so the efficiency is zero at zero torque or zero speed.
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Alternatively, consider an equivalent circuit defined by internal resistance R, no load current I,
motor constant K, and friction Ky. So V = V,, + IR (back emf V,, = N/K,), I = I, + Iy (I, =
QmN/ Vi = KyQum), Q@ = Qm—Q (outputtorque, Q5 = Ky N). The input poweris VI = (N/K,+IR)I,
with I = K,Q., + Ip = K,(Q + K;yN) + I. The shaft power is QN. Then the power loss is

Puoss = VI = QN = (N + (I/K,)K2R)(I/K,) - QN
2
= N(Q+ KN+ Io/K,) + (Q+ KyN + Io/K,) K2R~ QN

2
= N(E/N + Io/K,) + (Q+ KyN + I/K,) K2R
This expression does not show a peak efficiency as a function of torque and speed.

24-5 Weight

The motor or generator weight can be a fixed input value, or calculated as a function of power or
torque. As a function of power, the weight of one engine is:

Xmotor ()X gmotor QX smotor XEs
Wone eng — KOInotor + KlmotorP + K2mot0rP ¢ Q amot Snac or 4 KESCP EsC + WTMS

where P = Puyg, and Q = Pyeakr/Nspee (ft-1b or m-N) for takeoff rating R. Note then PXQX« =
PX+XaN—Xs = NXQX+Xa_ The engine group nacelle area S,,,. is included as a surrogate for motor
size. The last terms account for the weight of the electronic speed control system and the thermal
management system.

Motor weight depends primarily on the peak torque. For the NASA15 model, the weight is:
Wone eng = 0'5382fdesignQU~8129 + KEscPXESC + Wrms

where QQ = Pyeakr/Nspec (ft-1b) for takeoff rating R. The structural design factor fyesign = 1.0 for high
torque-to-weight motors (Q/W > 3.5 ft-1b/lb), and fgesign = 2.5606 for others. Based on 64 motors, the
average error is 27.5% (fig. 24-5); 25% for high torque-to-weight and 29% for others. Including either
maximum rotational speed or maximum power does not reduce the weight estimation error significantly.
Considering only the high torque-to-weight motors, the weight is

Wone eng = 0.3928Q0'8587 + KESCPXESC + Wrnis

Based on 25 motors, the average error is 21.8% (fig. 24-5). This sensitivity of motor weight to output
torque capability is somewhat greater than the drive system trend.

24-6 Scaling

The parameters of the motor model can be defined for a specific motor, but it is also necessary to
scale the parameters as part of the aircraft sizing task, in order to define a motor for a specified power.
In addition, advanced technology must be represented in the model.

The motor model includes reference values of the performance parameters: Pyr, Ppeaxr. The
reference power at each rating R defines a ratio to MCP: r,ogr = Pyr/Poc. Similarly for torque limits:



Motor Model 229

rmor = Ppeakr/Poc. These ratios are kept fixed when the motor is scaled. The specification motor
speed and base rotational speed are scaled with the power:

K
Pref e
Nspec = Nspec—ref (
Pcng
K
Pref e
Nbase = Nbase—ref <
Peng

The speed ratio N/Ng,. influences the efficiency map and the torque limit. Then P,e.xr scales as

Peng Nspec/Nspec—ref
Pref Nbase /Nbasefref

Prot Kns—Knb
re
PpeakR = PpeakR—ref >

= T77LORPe11g <—P
eng

S0 Ppeaxr just scales with P, if K, = Kn. Depending on the design approach, Ky, ranges from
about 0.8 to zero (constant Ny,g.) to about —1.2 (NVy,,se increase with power).

The motor size is specified as power P, which is the power at takeoff rating R, for sea level
standard (SLS) static conditions. Hence the MCP power is Py = P, /rpor, and the power at all other
ratings follows. If Py¢ is not equal to the reference value of the motor model, then the motor is scaled.
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Referred Parameter Jet Engine Model

Design and analysis codes calculate aircraft performance for a very wide range of operating con-
ditions. Thus the jet performance model must be realistic even far from the design point. A simple
thermodynamic cycle analysis that assumes design point component efficiencies everywhere is not real-
istic for such an application. Rather than developing models for component performance, the approach
taken is to use a model for the total turbojet or turbofan performance. The jet is not being designed.

The Referred Parameter Jet Engine Model (RPJEM) is based on curve-fits of performance data for
existing or projected jets over a range of operating conditions. The use of referred parameters tends
to collapse the data and provides a basis for scaling the jet. The operating condition is described by
pressure altitude, ambient air temperature, flight Mach number, and either jet rating or jet thrust required.
The parametric model is scaled to the required size and adjusted to the appropriate technology level to
represent a notional jet. Jet size is represented by mass flow. Jet technology is represented by specific
thrust available and specific fuel consumption at maximum continuous thrust (MCT), sea level/standard
day (SLS), static (zero airspeed) conditions. Jet installation effects are also modeled.

25-1 Operating Environment

The operating condition and atmosphere give the standard conditions (temperature 7.4 and pressure
psta) for a specified pressure altitude; the sea-level standard conditions (temperature T, and pressure p);
and the operating temperature 7" and pressure p. Here the temperatures are °R or °K. The characteristics
depend on the temperature ratio § = T'/T;, and pressure ratio 6 = p/py.

The flight Mach number M = V/c, = V//cs01/0 is obtained from the aircraft speed V.

The inlet ram air temperature ratio and pressure ratio are obtained then from M and the inlet ram
recovery efficiency ny:

~1

Onr = (1 + %MQ) — (1+0.2M?)
v—1 2 T 2135

om = 1+ —5—maM = (1+0.2naM?)

where the ratio of specific heats v = 1.4.

25-2 Performance Characteristics

The uninstalled thrust required is T,, the thrust available T,. The jet model calculates T, as a
function of flight condition and engine rating; or calculates mass flow and fuel flow at T;,. The specific
thrust is ST = T/, and the specific fuel consumption is sfc = @ /T. A turbofan engine has a bypass
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ratio 8 = rig.y /r. The forces produced by mass flow that does not go through the core or fan are treated
as momentum drag D,,x.

The reference performance is at sea-level-standard static conditions (subscript 0), and MCT (sub-
script C'). For each rating R, the performance is characterized by the following quantities for sea-level-
standard static conditions: thrust Tyg, specific thrust STyr, and mechanical thrust limit Ty,echr. The
mass flow is then rmgr = Tor/STor-

The difference between net and gross thrust is the momentum drag: Ty = T — (1 + 3)V. Note
that traditional units for mass flow are pound/sec (pps), while this equation requires slug/sec (1i,¢4/9g
replaces 1i,.¢q).

25-3 Installation

The difference between installed and uninstalled thrust is the inlet and exhaust losses Tioss: Loy =
To — Toss and Ty = T, — Tioss- The inlet and exhaust losses are modeled as fractions of thrust available
or thrust required: Tioss = (Cin, + Lex) Ty OF Tioss = (lin + Ler)Ty. The momentum drag of the auxiliary
air flow is a function of the mass flow mmaux = fauxireq:

Daux = (]- - naux)mauxv = (1 - naux)fauxmreqv

where 7, is the ram recovery efficiency. Exhaust losses (/.,) and auxiliary air flow parameters (7,.x
faux) are defined for infrared suppressor on and off.

25-4 Thrust Available

Given the flight condition and jet rating, the thrust available T, is calculated as follows. The gross
specific thrust and referred mass flow (relative to ST, and 7 for this rating) are approximated by
functions of the ambient temperature ratio 6, here just:

ST, = STy V0 [5M\/9M} e
X fa
Tha = o (5/\/5) [5M\/9M] !
The thrust available is then
Xsta+Xmta
T, = STatitg — 14 (ST)mom = Tod {5M\/9M} — e (1+ BV

This expression for 712, is used only to calculate T, ; elsewhere the 7, expression below (for performance
at thrust required) is used to obtain the mass flow at a thrust 7,.

25-5 Performance at Thrust Required

The jet performance (mass flow and fuel flow) is calculated for a specified thrust required 7y, flight
condition, and jet rating. The referred quantities (relative to SLS static MCT quantities) are approximated
by functions of referred gross thrust ¢t = T, /(Tocd):

Ureq = Woc (5\/5) (Kgpa0 + Kprart + Kppont® + Kppost®) (0]

Miyeq = MoC (5/\/§> (KquO + Kmpqit + Kqu2t2 + Kqu3t3) [GM}XMQ
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where T, = T, + (1 + 3)V. Arrays of

t= th/(Toc(S)
Ko rq = 110/ (0c(8/V0) 03] ™) = Ko g0 + Kmfait + Kumpoat® + Ko pqst®

hence net thrust
ta = to/ (Toc)

are interpolated given 7, to find mass flow i, and then fuel flow w.

25-6 Reaction Drive or Flow Control

For reaction drive or flow control, the thrust available and thrust required exclude the momentum
drag, which is only accounted for in the total jet group load. The thrust available is then

T, = Ty6 [51\4\/@])(

statXmsa

The gross jet thrust required is
T7'quG = FGreq = mreact‘/react = Freact + mreacthreact

for reaction drive; or Treqic¢ = Fareq = Y FGreg comp for flow control (summed over all components
using the flow control). So

TGq = rquG’/(Met - Ninop) + CZ-‘loss = rquG/((]Vjet - Ninop)(l - gzn - Zem))

Given the required net reaction force Fieac, (and Qryeact), arrays of ¢, K, 74, and t,, are interpolated to
find mass flow 1z, and then fuel flow w.

25-7 Scaling

The parameters of the jet model can be defined for a specific turbojet or turbofan, but it is also
necessary to scale the parameters as part of the aircraft sizing task, in order to define a jet for a specified
thrust. In addition, advanced technology must be represented in the model. Scaling and advanced
technology are handled in terms of specific thrust and specific fuel consumption (at SLS static conditions
and MCT). Figures 25-1 through 25-3 present historical data for jet specific fuel consumption, weight,
and specific thrust.

The jet model includes reference values of the performance parameters: Tor, STor, Tmechr,> and
sfcoc. Mass flow and fuel flow are obtained from rgr = Tor/STor and woc = sfcocToe. The reference
thrust at each rating R defines a ratio to MCT: ryyr = Tor/Toc. Similarly for specific thrust and
mechanical limits: ryr = STor/SToc and r,0r = Tmechr/Toc. These ratios are kept fixed when the
jet is scaled.

The jet size is specified as takeoff thrust T}, = Teng, which is the thrust at rating R, for SLS static
conditions. Hence the MCT is Ty = T}, /r10r, and the thrust at all other ratings follows. If Tj¢ is not
equal to the reference value of the jet model, then the jet is scaled. To reflect advanced technology,
the specific thrust and specific fuel consumption can be specified: SToc = STiech and sfcoe = sfciech
(replacing the jet model reference values). The default values are the reference values of the jet model.
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Figure 25-1. Historical data for turbojet and turbofan specific fuel consumption.

In the following paragraph, the subscript “tech” refers to these quantities; the subscript “ref”” means the
jet model reference values.

The jet technology parameters STy and sfcoc are assumed to vary linearly with mass flow rigc up
to a limit iy, , and constant thereafter at STy;, and sfey,. The mass flow at the technology condition
1S Mtech = Trof/STtecn, With the technology values ST;qq, and sfegecn. The intercept values are projected
from the technology values: Ko = STiech — Kst1mtech> Kst1 = (SThim — STteen)/ (Maim — Migech); and
similarly for sfc. Then for rmoc < 71im

SToc = Ko + Koo
sfeoc = Kspeo + Kspe1moc
and for moc > Miim
SToc = STiim
sfcoc = sfelim
These equations are used if hiim > 7igecn. Otherwise the model sets K1 = K1 = 0, so there is no
variation with scale: STy = STiech and sfcoe = sfeiecn. Usually the effect of size gives K2 > 0 and

Kpe2 < 0. The thrust at the limit is Ty, = SThim"uim . Figure 25-4 illustrates the scaling of SP, sfc, and
SW.

Using moc = Toc/SToe, the specific thrust equation can be solved for the mass flow given the
thrust:
TOC/KstO Kstl =0

Mo = TOC/ST‘Hm Toc 2 Tiim

Ko V2 4 Toc _ Ko 3
(G2 + % — 3 otherwise
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Figure 25-2. Historical data for turbojet and turbofan weight.
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Figure 25-3. Historical data for turbojet and turbofan specific thrust.
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From this mass flow, STyc and sfcoc are calculated, hence the fuel flow woc = sfcocToc. Then the thrust
and specific thrust at all ratings R are obtained from the ratios: Tor = r0rToc > STor = rsorSToc, and

Tmechr = TmorT0C -

The actual (perhaps scaled) values of the performance parameters are available for the jet group:
TOR’ STOR’ TmechR, and SfCOC-

25-8 Weight

The jet weight can be a fixed input value, or calculated as a function of thrust. As a function of
thrust, the weight of one jet is:

Wone jet = KOjet + KljetT + J:{Qjetcz—‘Xjet

where T is the installed takeoff thrust (SLS static, specified rating) per jet. A constant weight per thrust
W/T is given by using only Kijes.

25-9 Units

In this jet model, only the reference values and scaling constants are dimensional. Conventional
English units and SI units are shown in table 25-1. Units of specific thrust and specific fuel consumption
follow from these conventions.

Table 25-1. Conventional units.

thrust T mass flow m fuel flow w

English: pound pound/sec pound/hour
SI: Newton kilogram/sec kilogram/hour
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Figure 25-4. Turbojet or turbofan scaling; ST = T'/m, sfc = w/T,and SW = T/W.
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Chapter 26

Fuel Cell Model

A fuel cell burns a fuel (typically hydrogen) and generates electrical energy, which is stored in a
fuel tank system or used directly by a motor. The energy flow defines the power required. The power
available is related to the size P.,,,. The model follows reference 1.

26-1 Operating Environment

The operating condition and atmosphere give the standard conditions (temperature Tyq and pressure
psta) for a specified pressure altitude; the sea-level standard conditions (temperature T, and pressure
po); and the operating temperature 7' and pressure p. Here the temperatures are °R or °K. The engine
characteristics depend on the temperature ratio § = T'/T, and pressure ratio 6 = p/po.

The flight Mach number M = V/c, = V/c4V/0 is obtained from the aircraft speed V.

The inlet ram air temperature ratio and pressure ratio are obtained then from M and the inlet ram
recovery efficiency 74:

O = (1 + VT_IM2> — (14 0.2M2)

1 =1
Su = (1 + VTWJW) = (14 0.2p4M2)*>°
where the ratio of specific heats v = 1.4.

262 Fuel Cell Performance

The performance of a fuel cell is characterized by the single cell behavior: voltage v, as a function
of current density i.. The corresponding power density is p. = v.i.. The maximum possible voltage
is the cell ideal reversible voltage E},, obtained when all the energy available is converted to electrical
energy. The efficiency of the cell is n = v./E}. From the fuel specific energy ese; (MJI/kg or kWh/kg),
the specific fuel consumption is then sfc = w/P = egue1 /1 = €fuel En/Ve-

Figure 26-1 shows the typical performance of a proton exchange membrane fuel cell. For hydrogen,
E, = 1.472 volts. The voltage is reduced by activation losses (low current), Ohmic losses, and mass
transport losses (high current). The performance depends on the cell pressure §., increasing as the
operating pressure increases. A voltage reduction corresponds to a reduction in efficiency. There is a
maximum power density ppax at vmax, Where dv./di. = —v./i.. The system is designed to operate at a
current below the maximum power.
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The fuel cell system consists of n. individual cells in series, with total area A. Then V = n.v,,
I = Ai., and the total power is P = VI = n.Ap.. The total fuel flow is proportional to the current,
w = sfcP = epa EpneAie.

Consider a fuel cell with maximum continuous power Pp (MCP), designed for current density
iq, from which v, and p,; are determined. The design point is sea level static conditions, nominal
temperature, and design cell pressure. The controllers, wiring, compressor, and other subsystems are
designed for this current, so the total system weight will depend on Pp. As i4 decreases, less fuel is
used (larger efficiency) but the weight is more (larger n.A). The fuel cell can operate for a short time at
a higher power (MRP). The power density p. = (MRP/MCP)p, gives the corresponding current density
imrp. There is also an absolute maximum on the power. The cell efficiency at the design point is
np = vq/Ey, hence sfcp = (eme1Bh/vq)/Menrg and the fuel flow is wp = sfcpPp. The system specific
fuel consumption can include additional losses in terms of an efficiency ncug .

The cell pressure depends on the atmospheric pressure ratio §, inlet ram pressure ratio d;, and
compressor pressure ratio mo: 6. = 60y me. It is assumed that the cell temperature is maintained at
the design value. The cell performance v.(i.) is required at the design conditions (. = 7¢) and at the
operating conditions of the mission. The performance dependence on cell pressure can be captured by
scaling the current with 55 fe: given the reference characteristics vyef (iref) for o, = 1,

. . X
Ve = vrcf(zrcf = Z0/6(: fC)

Typically X;. = 0.38; increasing J. then reduces i,.¢, increasing v. and the efficiency. This scaling leaves
the voltage at maximum power unchanged. The reference characteristics are only needed to maximum

power. From nominal performance at the design pressure ratio, é,om = ¢, the reference characteristics
. . Xe
are Vref = Unom at tref = Z1r1()111/(51r10J;n-

The ratio of mass flow and fuel flow follows from the chemistry of the reaction. For hydrogen and
air
B )\_A ma  Aa

= — 68.59

K =
mf )\H Tomgyg /\H

The molar masses of hydrogen and air are my = 2.016 and m4 = 28.97 g/mole; o = 0.2095 is the molar
fraction of oxygen in air. The supply ratio A4 /Ay = 1/2 from stoichiometry, and typically A4 /Ay = 1.25
in practice.

The fuel cell is described by the static power Pyr at rating R, the MCP specific fuel consumption
sfcoc, the design current i, and compressor pressure ratio ¢, the mass flow ratio K,,, and the cell
characteristics vt (irof). The cell characteristics are only used as ratios to the design values.

26-3 Power Available

Given the flight condition and charger rating, the power available P, = F,cen iS

Pav:POC&

2

. . . . . Xe .

where p, is obtained from the rated current ig. From vg = viet(ivet = ir/dc ’¢), pr = vrir. The
. . . . . ) Xye .

maximum power density pmax = Umaximax 15 obtained from iyax = 6z *“4ref (Vret = Vmax). Then p, =

min(pr, Pmax)-
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264 Performance at Power Required

The fuel cell performance (fuel flow and mass flow) is calculated for a specified power required
Preq = chcll and flight condition. The current i, required at p, = pq(Preq/FPoc) 18 obtained from
_ s Xye . .
De = teUret (fret = 1c/dc '¢) as a function of i.. Then

Wreq = Woc (iq/1d)

Myeq = Kmfwreq

where woc = sfcoc Poc.

26-5 Simple Model

Constant v,; implies constant efficiency and specific fuel consumption, and so p. proportional to
i. with no maximum power density. Then the rated power available and specific fuel consumption are
constant: Pa'u = P0R7 wreq = wOC(Preq/POC) = SfCOCPreq7 mreq = Kmfwreq-

26-6 Weight

The fuel cell weight can be a fixed input value, or calculated as a function of power. As a function
of power, the weight of one charger is:

X,
Wone chrg =— KOcell + chellp + KQCeIIP cetl

where P is the installed power (SLS static, specified rating) per charger. A constant weight per power
W/P is given by using only K.

26-7 References

1) Datta, A., and Johnson, W. “Powerplant Design and Performance Analysis of a Manned All-Electric
Manned Helicopter.” Journal of Propulsion and Power, Vol. 30, No. 2 (March-April 2014).
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Figure 26-1. Characteristic performance of a proton exchange membrane fuel cell.



Chapter 27
Solar Cell Model

A solar cell generates electrical energy, which is stored in a fuel tank system. The energy flow
defines the power required. The power available is related to the size P.y.,. The solar cell is characterized
by power density eso., (W/m?) and weight density oso1ar (kg/m?). From the size Pe,, the area is
Asolar = Penrg/€solars and then the weight is Wone chrg = Weolar = AsolarTsolar -

Given the flight condition and the charger rating, the cell power available is P,, = 2 el = Py. The
power required P, is defined by the charge group energy flow. The cell power required is

chell = POCge (Q) = Preq/nchrg

where g = P,cq/Poc, and nenrg is the solar cell efficiency.

The solar cell efficiency as a function of power is estimated considering an equivalent circuit,
defined by internal resistance R and current I,. The voltage is V' = V, — IR. The efficiency is
Nehrg = P/ (P + Poss), from the power loss Poss = 2R+ P,. For small loss, I = P/V,. Interms of Py,

let . )
R/V? = ( - 1)
/ Pchrg Tlref

PO = CPchrg

Then

P 1 Py
=1+ P(R/V2)+ PRy /P =1+ ( —1>+cﬂ
Tlchrg chrg Tlref P

SO Nenrg = (1/mref +¢) 7! at P = P,y The efficiency decreases with P because of the internal resistance,
but is zero at P = 0 because of the internal current term. Alternatively, the efficiency can be a fixed
value.

A simple model requires the power density ey, and weight density og.1.; , With efficiency included

in €solar (nchrg = 1)
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Chapter 28

Battery Model

A battery is a fuel tank system for which the fuel quantity stored and burned is measured in energy.
The unit of fuel energy is Mega-Joules (MJ). For reference, 1 kW-hr = 3.6 MJ. The operating state affects
the efficiency of the relation between useful power and the rate of change of the energy stored. The
battery model produces the charge/discharge efficiency. The battery model can be used for capacitors
and flywheels as well. References 1-6 provide background for the model.

The components associated with a fuel tank system (engine groups, jet groups, charge groups)
define the total energy flow Fomp (charge or discharge). The fuel tank system energy flow (due to
equipment power and distribution losses) is also included in Eomp. Accounting for efficiency and losses
gives the battery energy flow Fatt = Ecomp + Poss + Prus. The battery model gives Pi,ss and efficiency
Mbatt (Mbate = Ecomp / (Ecomp + Pioss) for discharge, nyatt = (E’Comp + Ploss)/ Ecomp for charge). The system
efficiency is ngys = 'Comp /Ebatt Of T)sys = Fhatt /Ecomp. The battery power margin is Pyax — |Ebatt|-
Pryg is the power required for the thermal management system, calculated from the rejected power
P,oj = Poss (the dependence of the battery efficiency, hence P, on Prygs is neglected in order to
avoid an iterative solution). Accounting for battery capacity (reduced by current or fade) then gives
the effective energy flow E.g (the fuel tank capacity is not adjusted). The change in stored energy is
calculated from Fg and time. The convention is that energy flow £ > 0 for discharge, and E < 0 for
charge. Power and current are positive for both discharge and charge.

The battery capacity iS Efel—cap (maximum usable fuel energy). The battery is characterized
by specific energy eiank (MJ/kg or kWh/kg) and energy density pianic (MJ/liter or kWh/liter), so the
tank weight and volume are obtained from the capacity. The current amount of energy stored is Fgye-
The state-of-charge is s = Efyel/Fuel—cap; the depth-of-discharge is d = 1 — s. Typically 20-30% of
the stored charge is not usable at nominal conditions, which is accounted for in the capacity through
the specific energy and energy density values. State-of-charge and depth-of-discharge are here based
on the usable energy capacity Er,.e—cap- Relative the actual cell capacity, the depth-of-discharge is
dact = dmin + (dmax — min ) duse, Where dpi, and dy,.x correspond to the usable charge range. The actual
battery capacity is then Epuel—act = Etuci—cap/ (dmax — dmin)-

The charge capacity is C' (A-hr). C is the actual capacity at low current and a reference temperature.
The corresponding actual energy capacity is obtained for a reference voltage, E = C'V,.s (W-hr, expressed
in MJ). Then the specific energy (conventional units W-hr/kg) gives the weight, and the energy density
(conventional units W-hr/liter) gives the volume. The current is measured in terms of the charge capacity:
I = 2C (A), corresponding to a discharge time of 1/x hours. The units of x are 1/hr. The maximum
burst discharge current (mbd) is Zpmpq-

The usable capacity decreases with time and duty cycles, depending on the temperature and current.
This factor is assumed to be constant during a mission or flight condition. Capacity fade is accounted
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for using a factor fr.qe < 1 on the available capacity or on the energy flow. Thus the effective energy
flow is obtained by dividing the actual energy flow by fiaqdc-

The capacity depends on the discharge current. The Peukert model assumes 7*T = constant, where
T is the discharge time for current I = xC..¢. The Peukert coefficient ¥ = 1.2to 1.3 for lead-acid batteries,
and k = 1.01 to 1.05 for lithium-ion batteries (weak dependence). Thus the capacity C = IT ~ 1/z*~1.
An increase in current by a factor of 10 means a 2-11% reduction of capacity for lithium-ion batteries.
For a larger current, the battery reaches a specified discharge voltage sooner, hence effectively has a
reduced capacity.

The specific power is . (KW/kg). The power capacity is obtained at the maximum burst discharge
current:
Peap = ImpaViet = TmbaCViet = Tmpd Eruel—act = Tmbd Etuel—cap/(dmax — dmin)
(for P.,p in W and Efyel—act in W-hr). Hence given 44, Thatt = Tmbd€tank/(3-6(dmax — dmin)) (kW/kg
from MJ/kg). Typically x4 is smaller for large capacity, implying a trade between high specific power
and high specific energy.

28-1 Thermal Management System

The thermal management system deals with the battery rejected heat P.; = Pioss. The system
mass flow rmrys depends on P,;; the power Pryg and gross thrust F¢ depend on the mass flow. The
net jet thrust is Fy = Fg — mirusV . The size of the thermal management system (including weight)
is determined by a design rejected heat Piej_qesign, perhaps specified as a fraction of the battery power
capacity Pe,p.

Using referred variables, the mass flow, power, and gross thrust are

. XTMSm
MTMS P
( ) = KrMmsmo + KTrMmsmi (

5/V0 5V
Prus ) (mTMS ) Xrmsy
=K + K —_—
(5\/g TMSpO TMSpl 5/\/5
Ig T\ YTV
S K K EMS
( 5 ) TMSf0 T LA TMSf1 (6/\/5)

The weight of the thermal management system is obtained from the design rejected heat Prej_design:

B XTMswp .+ XTMSwm
Wrms = Krmswo + KTMswi Prej—designTrej —design

Where 7i,ej—design 18 calculated from Pyej_design -

28-2 Equivalent Circuit Model

The discharge or charge efficiency as a function of power is estimated considering an equivalent
circuit, defined by internal resistance R and current Iy. The voltage is V = V,, — IR. The efficiency is
Moats = P/(P + Plogs), from the power loss Pi,ss = I?R + Py. For small loss, I = P/V,. In terms of a
reference power Pt = Pe.p, and battery power P = |Ecomp|, let

1 1
R/VZ= — < - 1)
/ Pref Tref

POZCPref
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Then

P
=14+ P(R/V})+ Py/P=1+

R’ef
—-1)+c
TIbatt Pref <nref >

P

SO Npats = (1/mcer +¢)~1 at P = P,¢. The efficiency decreases with P because of the internal resistance,
butis zero at P = 0 because of the internal current term. Alternatively, the efficiency can be a fixed value.
The currentis x = I/C = P/VoC = 2ppa P/ Pret = :cmbd\Ecomp\ /Peap. Given the maximum current p,ax,
the maximum battery power iS Puax = (Tmax/ZTmbd) Peap-

For discharge, the battery energy flow is Fratt = Ecomp [Mbatt = Ecomp + Poss- Then the effective
energy flow is Feot = Ebatt / feade- For charge (negative energy flow), the battery energy flow is Fratt =
Ecompnbatt = Eco,np + Poss- Then the effective energy flow is Eet = Evatt / ftade- The battery power
margin is Ppax — |E'bm\.

28-3 Lithium-Ion Battery Model

The capacity and power of currently available lithium-ion batteries are shown in figure 28-1. The
power shown corresponds to the maximum burst discharge current, Peop = ZmpaEruel—act- 1he cell
reference voltage is typically Vief = 4.2 V. The maximum continous discharge current is in the range
Zmea = 1-30 (fig. 28-2). The maximum burst discharge current (which equals the power divided by
capacity) is in the range ., = 10-50 (fig. 28-3), with z,,,¢ = 10 for large capacity. Values of x4
above 100 are achievable, but such high-power/short-duration capability will not have much application
to aircraft. The maximum charge current is typically zcomax = 1-5 (fig. 28-4). Figure 28-5 shows
the corresponding specific energy ey, and specific power myatt = TmpdCrank- Lhe specific energy is
typically eank = 50-200 W-hr/kg =0.2-0.7 MJ/kg. Figure 28-6 shows the specific energy eq.ni (W-hr/kg)
and the energy density pi.n (W-ht/liter) (based on the battery actual capacity). The battery density is
2-3 kg/liter for all configurations (cylindrical, pouch, prismatic).

The battery temperature is likely controlled, for safety and efficiency. The operating temperature
depends on the environment ambient temperature, internal heat production, and active heating or cooling.
Internal heat production includes that due to internal resistance (I?R), and radiation and convection
(roughly proportional to the difference between cell and ambient temperatures). The cell temperature
T, is defined for a flight condition, or at the start of a mission. Without active temperature control,
during a mission the cell temperature changes: dT./dt is proportional to the internal heat production.
With temperature control, there is a power loss associated with the control system, depending on the cell
temperature relative to ambient, hence on the internal heat production. As a simple model, it is assumed
that this loss is a fraction fr¢ of the total power.

28-3.1 Discharge Characteristics

The lithium-ion battery voltage during discharge depends on the discharge capacity (depth-of-
discharge d), current (I = zC), and cell temperature (7.). Figure 28-7 shows typical variation of the
voltage V' at constant current and constant temperature. The nominal energy capacity E = CV, is
obtained from the nominal charge capacity C and a reference voltage V.r. The open-circuit voltage V,
is the voltage at zero current, a reference temperature 7T,.¢, and 100% charge. Typically the cell voltage
is V; =4.2 V, and V, is used as the reference V,.s. The actual battery capacity is determined by the
voltage reaching a critical value Vi, (typically 2-3 V). Usually V' decreases gradually with d, so the
voltage provides a measure of depth-of-discharge. The decrease of V' with current is primarily due to
internal resistance. The voltage also decreases as temperature decreases (fig. 28-7). There is a maximum



250 Battery Model

discharge current (continuous or burst), which gives the rated power: P.ap = LnpaViet = TmbaCVier- The
actual battery power supplied is P = I'V.

The voltage variation with current is primarily due to the internal resistance: V =V, — IR. The
open circuit voltage decreases with depth-of-discharge: V, = V;Fy (d), such that Fyy = 1 atd = 0
and Fy = fait = Vait/Vg at d = 1; and Vg = f4Vier. For large discharge (d approaching 1), there
is a secondary influence of current, which can be modelled by adjusting the discharge by a factor .
Then the capacity is given by Fy (kd) = f.it. Variations of the voltage with current are scaled using
I = 2C = (2mpaC)(z/mpa)- The influence of temperature on the open circuit voltage V, is reasonably
accounted for by an increment proportional to the cube of the temperature difference AT = T, — Tr-

The model for the discharge voltage is
V = VyFy (kd) + kyrAT? — IR = VyFy (kd) + kyr AT? — Vit

with
k=1+kgl—kyr AT =1+ (kdfxmde) («T/-'L'mbd) — kgqr AT

The open circuit voltage function Fy (d) is derived from V' (d) as a function of I and T,.: Fy = (V —
kyvrAT? + IR)/Vy at kd. The model parameters R, ky7, kqr, and kg7 are adjusted for a good fit to the
measured discharge characateristics. Figure 28-8 shows Fy (d) obtained for a number of lithium-ion
batteries. Typically f..ix = 0.6. That d # 1 at Fyy = f.,;, reflects the definition of nominal capacity for
the battery characteristics. Table 28-1 gives a typical Fy (d) function. The function extends below fit
since high temperature can increase the voltage. Figure 28-9 shows the current parameters ,,,qC R/ Vzet
and kg x,pqC for a number of batteries. Generally z,,,qC R/ Vier= 0.05-0.20 and kq7x,,4C = 0-0.25.
Figure 28-10 shows the temperature parameters ky ¢ and k47 for a number of batteries.

Table 28-1. Lithium-ion battery open circuit voltage.

depth-of-charge d Fy depth-of-charge d Fy

0.00 1.000 0.92 0.842
0.10 0.970 0.93 0.835
0.20 0.950 0.94 0.826
0.30 0.930 0.95 0.815
0.40 0915 0.96 0.800
0.50 0.900 0.97 0.780
0.60 0.890 0.98 0.750
0.70 0.880 0.99 0.700
0.80 0.870 1.00 0.600
0.90 0.850 1.01 0.400
091 0.847 1.02 0.000

The battery power available to the components is
Eeomp = P =1V = I(VyFy (kd) + kyrAT®) — I’R — Prc = Enag — Ploss
including power loss for temperature control. Hence
Bty = Peapé (faFv (kd) + (vt /Viet) AT?)
Pioss = Peap RE” + f1¢|Ecom|
=1+ k& — kar AT
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where £ = x/Zmpd, R = TrmbdC R/ Viet, and Edl = karxmpaC. The battery capacity for a given current
and temperature is obtained by finding kd..;; such that

V = VyFy (kdei) + kvrAT? — IR = Vg forit

or
Fy (kderis) = ferit + (RE — (kv /Veet)AT?)/ fa

Then d..iy = (kdeit)/k, and the effective capacity is deyit frade Etuel—act - Rather than change the fuel tank
capacity, an effective fuel flow is used: Feot = Eoatt /(derit frade) -

For a flight condition or mission segment, the total energy flow required is Eomp. The temperature
T. is specified. The depth-of-discharge d., is obtained from d = 1 — s = 1 — Ejye1/Efyel—cap- 1he
discharge current x = x,,;,4€ is calculated from the required energy flow:

_ (Ecomp + Hoss)/Pcap
faFv (kd) + (kyr/Vief) AT3

Successive-substitution solution for £, with f,;; as the minimum for Fy, , converges in about 10 iterations.
Since Fy is a monotonically decreasing function of d, d..;; is obtained from z by interpolating d(Fy ).
Then Epatt = Eeomp + Ploss» and the battery efficiency is npatt = Feomp/Fbatt- The effective energy flow
is Foft = Fpatt/(deit frade). The maximum battery discharge power is Puax = Ehate evaluated at 2,54,
or at a specified discharge current. The battery power margin is Pyax — \Ebatt |.

28-3.2 Charge Characteristics

Lithium-ion battery charging is controlled for safety, with limits on minimum and maximum voltage,
maximum current, and minimum and maximum temperature. Standard charging procedure consists of
constant current (CC) followed by constant voltage (CV). Figure 28-11 shows the voltage, current, and
capacity variation with charging time. The charging current is Icc = xccC; the maximum charging
current is typically x comax = 1-5 (fig. 28-4). The charging voltageis V.. = f.Vier; typically V.. = Vier = 4.2
V. The state-of-charge is s.

During the CC phase, the voltage starts at a fraction k. (typically 0.05-0.20) below V. and increases
with time, reaching V, at time t. = o/x¢¢. The charging model assumes linear variation of the voltage.
During the CV phase, the voltage is fixed at V.., while the current decreases rapidly. The charging model
assumes the current varies inversely with the square of the time increment since ¢.. The charge is then
the integral of the current, Q = fot I dt; and the state-of-charge s = @/C'. The charging poweris P = IV.
Table 28-2 gives the charging model as a function of normalized time 7 = ¢/t. — 1 = txcc /o — 1.

At t = t. (= = 0), the current and voltage have the CC/CV values (I = z¢ccC, V = V), the
state-of-charge s = o, and the charging power is at the peak (P = zccCV. = Peap(@cc/Tmba) fe). For
s = 1 at large time, k.; must be related to o: 1/0 = 1 + 1/k.; the measured CV capacity is matched
better with smaller values for &.;. Figure 28-12 shows the charging parameters k.- and k.; for a number
of batteries.
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Table 28-2. Lithium-ion battery charging model.

CC phase, t < t., 7=-1t00,s < 0o CV phase,t > t.,7>0,s >0

C
current I =xC = xCCC I =xC = (1 'S—L"_CkCCIT)2
voltage V =V.(1+ key7) V=V
1+ (ker+1
charge Q = 20cCt = 0C(1 +7) Q= oc Lt ke D7
1+ kC[T
14 (ker+1
state-of-charge s=xcot =o(l+71) s—o %;)T
1
power P =20V =2ccCVe(1+ keyT) P=xCV.=2ccCVe 77—
(14 kerr)?
ti — s _1 . g -1
o e T T k(R )

For small charging current z¢ ¢, the voltage V, is reached at the nominal charging time ¢. = 1/x¢c.
So the CC phase is the entire process, and s = x¢¢t. For higher current, the voltage V. is reached sooner,
att. = o/xcc with o < 1. Then the CV phase is required to complete the charging. For a given battery,
o = 1 atlow charge current, and o decreases with increasing z¢ . Figure 28-13 shows 1/0 and 1+ 1/k.y
for a number of batteries. An approximation for the variation of o is

1
_:1+
o

=1+ kg(l‘cc - 02)
kc]

above z¢o¢ = 0.2, with k, depending on the battery.
For a flight condition or mission segment, the total energy flow delivered to the battery is Ecomp-
The temperature 7, is specified. The state-of-charge s, is obtained from s = Efye1/Efyel—cap- 1he

charge current & = ,,,,4¢ is calculated from the required energy flow, |Epai| = P = IV = £2,,,aCV =
PeapéV/Vier. In the CC phase (1 < 0, s < o):

& = (([Eeomp| = Poss) / Peap ) /ol + v 7)

and zcc = z. In the CV phase (7 > 0, s > o):
f = <(|Ecomp| - —Ploss)/Pcap) /fc

and zcc = x(1 + k.;7)%. Successive-substitution solution for ¢ converges in about 10 iterations. First
the CC solution is found, then if 7 > 0 the CV solution is found (with an upper limit on z¢¢). Then
Fatt = Ecomp + Ploss, and the battery efficiency is npaty = Fratt / Ecomp. The effective energy flow is
Eot = Epatt/ frade- The maximum battery charging power is Pyax = P evaluated at current z¢cmay, OF
at a specified charge current xc¢. The battery power margin is Ppax — \Ebatt l.
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Chapter 29

AFDD Weight Models

This chapter presents the rotorcraft weight models developed by the U.S. Army Aeroflightdynamics
Directorate (AFDD). For some weight groups several models are available, designated AFDDnn. The
weights are estimated from parametric equations, based on the weights of existing turbine-powered
helicopters and tiltrotors. The figures of this chapter compare the weights calculated from these equations
with the actual weights. The results of these equations are the weight in pounds, and the units of the
parameters are noted in the tables. Technology factors x are included in the weight equations. The input
usually includes a weight increment dW that can be added to the results of the weight model. Thus
typically a component or element weight is obtained from W = xwpoda + dW. Weight of individual
elements in a group can be fixed by using dWW and setting the corresponding technology factor y = 0.
With x # 0, the increment dWW can account for something not included in the parametric model.

The weight models are implemented as part of the aircraft components. The weights are entered
into the weight statement data structure (extended RP8A format) for each component, reflected in the
organization of this chapter.

29-1 Wing Group

The wing group consists of: basic structure (primary structure, consisting of torque box and spars,
plus extensions); fairings (leading edge and trailing edge); fittings (non-structural); fold/tilt structure;
and control surfaces (flaps, ailerons, flaperons, and spoilers). There are separate models for a tiltrotor
or tiltwing configuration and for other configurations (including compound helicopter).

29-1.1 Tiltrotor or Tiltwing Wing

Wing weight equations for a tiltrotor or tiltwing aircraft are based on methodology developed by
Chappell and Peyran (refs. 1 and 2). The wing is sized primarily to meet torsional stiffness requirements.
The primary structure weight is calculated from torque box and spar weights:

Wbox - Atbptbbw/etb
Wspar = CtAsppspbw/esp
Wprim = (Wbox + Wspar)funits

Wprim = XprimWprim
A consistent mass-length-time system is used in the equations for Wi, and Wp,,, which therefore have

units of slug or kg. The primary structure weight Wi, however has units of 1b or kg, hence a conversion
factor funits = g is required for English units. The wing fairing (leading edge and trailing edge), control
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surface (flaps, ailerons, flaperons, and spoilers), fittings (non-structural), and fold/tilt weights are:

Wrajr = SfairUfair Wfair = Xfair Wrair
WhHap = SﬂapUﬂap Wﬂap = XflapWAap
wat = fﬁtTcap Wiy = Xfit Wht

Wiold = ffold (Wprim + Weair + Wﬂap + Wa + Wtip) Wiold = Xfold Wfold

The control surface area Sg,,, for a tiltrotor wing is the sum of the flap and flaperon areas. The fairing
area is

Sfair = (bw - wattach) Cw (1 - wtb) - Sﬂap

The wing extension weight is:

Wext = SextUext Wext = XextWext

Wefold = fefoldWext Wetola = Xefold Wefold

and these terms are added to W,im and Wiqq. The tiltrotor wing weight (and wing folding weight in
fuselage group) depends on W;;,, the weight on the wing tips; which is the sum of rotor group, engine
section or nacelle group, air induction group, engine system, drive system (except drive shaft), rotary
wing and conversion flight controls, hydraulic group, trapped fluids, and wing extensions. An adjustment
of this calculated weight can be used; a negative increment is required when the engine and transmission
are not at the tip location with the rotor. The weight on wing tip is used as the fraction fiip, = Wiip/Wsp;
the mass on the wing tip is Mi;, (slug or kg).

To estimate the wing weights, the required stiffness is scaled with input frequencies (per rev)
of the wing primary bending and torsion modes. First the torque box is sized to meet the torsional
stiffness (frequency) requirement. Next spar cap area is added as required to meet the chord and beam
bending frequency requirements. Finally spar cap area is added if necessary for a jump takeoff condition.
Wing section form factors, relating typical airfoil and torque box geometry to ideal shapes, are input or
calculated from the thickness-to-chord ratio and the torque box chord to wing chord ratio:

Fp = 0.073sin(27 (7, — 0.151)/0.1365) + 0.145987,,
+0.610 sin(2 (wy, + 0.080)/2.1560) — (0.4126 — 1.63097,)(wyy, — 0.131) + 0.0081
Fo = 0.640424w2, — 0.89717wyy, + 0.46157, + 0.655317

Fr = ((0.27 = 7,)/0.12)0.12739 (—0.96 + \/3.32 4+ 94.6788wy, — (wtb/0.08344)2)

— 2.7545w?, 4 5.1799wy;, — 0.2683
Fyr = 0.25sin(5.236wy;) + 0.325

for beam bending, chord bending, torsion, and spar cap vertical/horizontal bending. The ideal shape for
torsional stiffness is a tube of radius t,,, so the torsional stiffness J = FrA;t2 /4. The ideal shape for
chord bending is two caps ¢y, apart, so Iy, = FoAwcy, /4. The ideal shape for beam bending is two caps
ty apart, so Ips, = Fy g Aspt? /4 and Iy, = FpAyt? /4. The torque box cross-sectional area is obtained

from the wing torsion frequency;

1 1
GJ = (("-)TQ)2 §(bw - wattach)_ tiprf,y]on

2
Ay = 4G T/ (G Frt2)
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It is assumed that between the points of attachment to the fuselage, the torque box is very stiff in torsion,
but does deflect in bending. So the effective length is %(bw — Wattach) fOr torsion, and %bw for bending.
The spar cap cross-sectional area (in addition to torque box material) is obtained from beam and chord
bending frequencies:

1 1
EIC = (WCQ)z ﬂbi; EMtipfmodc

1 1
EIB = (wBQ)2 ﬂbi §Mtipfmode

Elcy, = EtbFCAtbC?b/4
EICSP = Flc — Flgy
Acsp = EICSP/(ESPC?EJ/ZL)

Elpy, = EyFpApt, /4

Elvy = EsyFyuAcspts, /4

Elpsp = Elp — Elpy, — Elvm
ABsp = EIBSP/(Espt?u/Zl)
El, = Elyy + Elp,,

Asp = ACsp + ABsp

where Elc, and Elg,, are replaced by zero if negative (no additional spar material required). The factor
fmode = 1 — fiip 1S @ mode shape correction for fuselage motion. Next the primary structure, fairing,
flap, and fitting weights are calculated as before; and the sum Wying = Wprim + Whair + Waap + Wat.
Additional spar cap material for a jump takeoff condition is obtained from the ultimate applied bending
moment at the wing root:

My = Teaplu (0.75(1 — Fiin) — 0.375(C0s /b)) (Wging /WSD))

where T.,,, is the maximum thrust capability of one rotor, equal to the greater of 7jumpWsp/Niotor OF
(Cr/0)pAyVi, (from an input Cr /o at the jump takeoff condition, sea level standard, and hover rotor
speed). The bending moment capacity of the wing is

My, = 2EI ey /tw
Msp = QCmEISPGU/tw

Then the additional cross-section area is obtained from the moment deficit:

AM = My — (Mtb + Msp)
AAsp = QAM/(EUEsptw)
AWepar = C;AAsppspbu/esp

where AM is replaced by zero if negative (no additional spar material required). If AWy, is positive, it
is added to Wy, , and the primary structure, fairing, flap, and fitting weights are recalculated. Parameters
are defined in table 29-1, including units as used in these equations. Here a consistent mass-length-time
system is used, producing Wy, and Wy, in slug or kg. Typically the input uses conventional English
units for density (Ib/in®) and modulus (Ib/in?).
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Table 29-1. Parameters for tiltrotor wing weight.

parameter definition units

Whoxs Wepar wing torque box and spar weights slug or kg
Wsp structural design gross weight Ib

(C1/0)jump rotor maximum thrust capability (jump takeoff)

Njump load factor at Wsp (jump takeoff)

Neotor number of rotors

bu wing span (length of torque box) ft or m

Ly = by — Wys wing length (span less fuselage width) ft or m

Cuw wing chord ftorm

Wep torque box chord to wing chord ratio

Cth = WipCop torque box chord ft orm

Tw wing airfoil thickness-to-chord ratio

tw = TwCw wing thickness ft or m

T'pylon pylon radius of gyration (pitch inertia = rgylothip) ft orm

Q rotor speed for wing weight design condition rad/sec

wr wing torsion mode frequency (fraction rotor speed) per rev

wp wing beam bending mode frequency (fraction rotor speed) per rev

we wing chord bending mode frequency (fraction rotor speed)  per rev

Pib density of torque box material slug/ft® or kg/m?
Psp density of spar cap material slug/ft? or kg/m?
G torque box shear modulus 1b/ft2 or N/m?
By torque box modulus Ib/ft? or N/m?
E,, spar modulus 1b/ft? or N/m?
€U ultimate strain allowable (minimum of spar and torque box)

Cy weight correction for spar taper (equivalent stiffness)

C; weight correction for spar taper (equivalent strength)

Cm strength correction for spar taper (equivalent stiffness)

e structural efficiency factor, torque box

Esp structural efficiency factor, spars

Utair unit weight of leading and trailing-edge fairings 1b/ft? or kg/m?
Utap unit weight of control surfaces 1b/ft? or kg/m?
Stair area of leading and trailing-edge fairings ft?> or m?

Shap area of control surfaces ft* or m?

St wing fittings and brackets (fraction maximum thrust of one rotor)

ftold wing fold/tilt (fraction total weight excluding fold, including weight on tips)
Wattach width of wing structural attachments to body ftorm

Uext unit weight of wing extension 1b/ft? or kg/m?
Sext area of wing extensions (Span bey times mean chord cexy) ft? or m?

Sefold wing extension fold/tilt (fraction extension weight)
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29-1.2 Aircraft Wing

There are two models intended for the wing of a compound helicopter: area method and parametric
method. For the area method (based on weight per unit area), the total wing weight excluding folding
is:

Wwing = SwUuy
and forim = 1 — frair — fap — fae. Typically U, =51t0 9 1b/ft?. For the parametric method (AFDD93),
the total wing weight including folding is:
Wspfr \"*
i = 5.66411 fLclo 0.39579 60.21754 40.50016
Hwing fren (1000 cos Aw) = w v
((1 + /\w)/Tw)O.09359 (1 _ bfold)—0.14356

with forim = 1 — frair — fAap — fas — froras here fraioc = 1.7247 if the landing gear is on the wing, and
1.0 otherwise. The lift factor f;, accounts for wing relief factor and wing/rotor lift share. Based on 25
fixed-wing aircraft, the average error of the aircraft wing equation is 3.4% (fig. 29-1). Then the primary
structure, secondary structure, and control surface weights are:

Wprim = Xprimfprimwwing

Wfair - Xfairffairwwing

Wﬂap = Xﬂapfﬂapwwing

Wﬁt = Xﬁtfﬁtwwing

Wiold = Xtold ftoldWwing

The wing extension weight is:
Wext = SextUext Wext = Xext Wext
Wefold = fefold Wext Wefold = Xefold Wefold

and these terms are added to Wy, and Wi, q. Parameters are defined in table 29-2, including units as
used in these equations.

Table 29-2. Parameters for aircraft wing weight.

parameter definition units

Sw wing planform area (theoretical) ft2

U unit weight of wing planform 1b/ft? or kg/m?
Wsp structural design gross weight Ib

fr lift factor

n, design ultimate flight load factor at Wsp g

Ay wing sweep angle deg

Ay wing aspect ratio

Aw wing taper ratio (tip chord/root chord)

T wing airfoil thickness-to-chord ratio

bsola fraction wing span that folds (0 to 1)

Jair fairings (fraction total wing weight)

faap control surfaces (fraction total wing weight)

fat fittings (fraction total wing weight)

frold fold/tilt (fraction total wing weight)

Uext unit weight of wing extension 1b/ft? or kg/m?
Sext area of wing extensions (span by times mean chord ceyt) ft?

fefold wing extension fold/tilt (fraction extension weight)
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29-2 Rotor Group

The rotor group consists of: blades, hub and hinge, spinner, and blade fold structure. The blade
and hub-hinge weights for the AFDD82 model are:

0.6592 1.3371 ,0.99597,0.6682,2.5279
Whlade = 0.02606 Nyotor Npjade 1 T Vin T Vhlade Whiade = XbladeWhlade
0.2807 p1.53777,0.4290,,2.1414 0.5505
Whub = 0-003722Nr0t0rNb1ade R ‘/Ytip Yhub (Wblade/Nrotor) Whub = XhubWhub

Based on 37 aircraft, the average error of the blade equation is 7.7% (fig. 29-2). Based on 35 aircraft,
the average error of the hub equation is 10.2% (fig. 29-3). The blade and hub-hinge weights for the
AFDDO00 model are:

0.53479 p1.74231 ,0.772917,0.87562_,2.51048
Wplade = 0-0024419ftiltNrotorNblade R c Vjcip Vhlade Wbladc = Xblade Whlade
0.20373 10.604067,0.52803 ,,1.00218 0.87127
Whub = 0-0061182Nr0t0rNb1ade R ‘/tip Yhub (Wblade/Nrotor) Whap = XhubWhub

where fi;; = 1.17940 for tilting rotors; 1.0 otherwise. Based on 51 aircraft, the average error of the blade
equation is 7.9% (fig. 29-4) and the average error of the hub equation is 12.2% (fig. 29-5). This equation
for hub weight was developed using the actual blade weight. Using the blade weight equation instead
gives

= 0.18370V. NO.16383 0.19937 0.061711/0.46203 . N 1.02958
ad
Whup =0 rotor NVplade 10 thp hub (wblade/ rotor)

— 1.02958 0.71443 11.99321 ,0.795771,0.96323,0.46203,,2.58473
- 000037547ft11t NrOtOrNblade R c Vtip Vhub Vplade

which really just adds chord and fy;;; to the regression parameters. Based on 51 aircraft, the average
error of this equation is 9.2% (fig. 29-5). Thus using the blade weight equation results in a lower average
error, and best represents legacy rotor systems. The hub weight equation using the actual blade weight
is best for advanced technology rotors with blades lighter than trend. For teetering and gimballed rotors,
the flap frequency v should be the coning frequency. If the weight is evaluated separately for each rotor,
then N,oor = 1 should be used in the equations.

The fairing/spinner and blade fold weights are:

Wspin = Xspin 7-386]\71r0t01r1)2

spin
Wiold = Xfold froldWhiade

The blade weight is for all blades of the rotors. Typically fi,1qa = 0.04 for manual fold and fi,q = 0.28
for automatic fold. The rotor shaft, rotor support, and duct weights are:

Wehate = Xshaft Nrotorgshaft Ushast

Wsupt = Xsupt (fsupt WMTO + UsuptR)

Wauet = XductNrotorSduct Uduct

The rotor shaft length is lypage = fshare R. Parameters are defined in table 29-3, including units as used
in these equations.
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Table 29-3. Parameters for rotor weight.

parameter definition units

Neotor number of rotors

Nplade number of blades per rotor

R rotor radius in hover ft

c rotor mean geometric blade chord ft

Viip rotor hover tip velocity ft/sec

Vblades Vhub flap natural frequency (for weight estimate) per rev

Dygpin spinner diameter ft

frold blade fold weight (fraction total blade weight)

Wyrro maximum takeoff weight Ib

fshaft rotor shaft length (fraction rotor radius)

Ushaft unit weight of rotor shaft Ib/ft or kg/m
fsupt rotor support structure weight (fraction maximum takeoff weight)

Usupt unit weight of rotor support structure Ib/ft or kg/m
Sduct area of duct ft? or m?
Uduet unit weight of duct 1b/ft? or kg/m?

29-2.1 Lift-Offset Rotor

For lift-offset rotors, the blade and hub weights can be calculated based on the methodology of
reference 3. The blade weight is estimated based on the beam stiffness required to maintain the clearance
s when the blade is loaded by the lift offset. The blade tip deflection is proportional to § « PR3/FEI,
where ET is the bending stiffness. The beam loading is P « n,WgspL/Npjage. With A, the blade
cross-section area, the moment of inertia I oc A,,t2. The criterion is § = h — s. Hence the blade weight
iS Wilade o pNpladeRAzs < (p/E)n.WspLR*/(t?(h — s)) with E the elastic modulus, and p here the
material density. The hub weight is estimated based on the structure in upper and lower hub plates
required to react a tensile force F' = Ceont + Mpbena/(z/2) due to combined centrifugal force and bending
moment at the root; where the hub plate separation x scales with the blade thickness ¢. The centrifugal
force Ceont < (Whiade /Nblade)Vt?p /R. The bending moment Mycnq x n,WspR. The limit tensile stress
o« F/A,s gives a criterion for the total hub arm area A, ;. The radius of the hub ¢ scales with the blade
thickness ¢. Hence the hub weight is Wi, < pNpladelAzs < (p/0) (Wblacht?pt/ R+ Kn.WspRNplade) -
The distribution factor K is determined from the calibration weights. The inter-rotor shaft weight
is estimated based on the structure to react the hub moment caused by lift offset. The hub moment
M x n,WspLR. The shaft diameter d scales with the blade thickness ¢. The shaft length ¢ scales with
the rotor separation h. The ultimate bending stress ¢ = M/(I/c) gives a criterion for the area moment
I/c < d*w, hence for the shaft wall thickness w. Then Wypag o< pldw o< (p/o)n.WspLRh/t is the shaft
weight.

The blade, hub-hinge, and inter-rotor shaft weights are:

Whlade = Nrotor 0.000083770wL R /(2(h — s)t% ) Whiade = Xblade Whlade
Wi = Nootor (0-17153w RNptade + 0.000010534(Witade/Nrotor) Vst 2n/R ) Waub = Xhub @it
Wenatt = Nyotor 0.081304wL R?2h/t 25 Wihaft = Xshaft Wshaft

where w = n,Wsp /1000, and
0.8 + 0.2)\>

top = Sorred
2R = T2RE (0.5 0.5\
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is the blade thickness at 20%R. These equations were developed for the coaxial rotor configuration
(Niotor = 2), and calibrated to the XH-59A weights. The material factors (p/FE and p/o) are included
in the technology factors x. These weight terms can be used separately, with other hub and blade and
shaft weight models. Parameters are defined in table 29-4, including units as used in these equations.

Table 29-4. Parameters for lift-offset rotor weight.

parameter definition units

Neotor number of rotors

Nplade number of blades per rotor

Wsp structural design gross weight b

n, design ultimate flight load factor at W g
blade taper ratio (tip chord/root chord)

ToR blade airfoil thickness-to-chord ratio (at 20% R)

R rotor radius ft

c blade mean chord ft

h coaxial rotor separation (fraction rotor diameter)

s coaxial rotor tip clearance (fraction rotor diameter)

L lift offset (M,on/T R)

Viip rotor hover tip velocity ft/sec

29-3 Empennage Group

The empennage group consists of: horizontal tail, vertical tail, and tail-rotor. The tail plane weight
consists of the basic structure and fold structure. There are two models for tail plane basic weight: area
method and parametric method. For the area method (based on weight per unit area), the weight is
Wiail = StaitUtail. The parametric weight model depends on the aircraft configuration. The helicopter
or compound model is AFDD82. The horizontal tail weight is:

tiltrotor or tiltwing Wit = XntSnt(0.003958%:2 Vyive — 0.4885)

helicopter or compound Wit = xnt0.71765,,1 551 APP1T

Based on 13 aircraft, the average error of the helicopter horizontal tail equation is 22.4% (fig. 29-6).
The vertical tail weight is:

tiltrotor or tiltwing Wt = XotS0:(0.003955%2Viive — 0.4885)

helicopter or compound Wt = Xot1.0460 fi 59,744 A9;75%2

where f;, = 1.6311 if the tail-rotor is located on the vertical tail; 1.0 otherwise. Based on 12 aircraft, the
average error of the helicopter vertical tail equation is 23.3% (fig. 29-7). Vaive is the design dive speed,
calculated or input; Viive = 1.25Vihax, Where Vipax 1s the maximum speed at design gross weight and sea
level standard conditions. The fold weight is a fraction of the basic weight: Wioa = Xtold frold Whasic
where Wh,sic = Whe or Wo,.

The tail-rotor weight is:

Wtr = Xw1.3778}%;]7;0897(PDShmit R/‘/tip)().8951
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Based on 19 aircraft, the average error of the helicopter tail-rotor equation is 16.7% (fig. 29-8). The
tail-rotor weight is calculated by the rotor component model, including rotor support and duct weights.
Rotor weight models can be used for the tail-rotor. Parameters are defined in table 29-5, including units
as used in these equations.

Table 29-5. Parameters for tail weight.

parameter definition units

Shi horizontal tail planform area ft2

St vertical tail planform area ft2

Apt horizontal tail aspect ratio

Ay vertical tail aspect ratio

Vidive design dive speed at sea level kts

Ry, tail-rotor radius ft
Ppstimit drive system power limit (MCP) hp

R main-rotor radius in hover ft

Viip main-rotor hover tip velocity ft/sec
ftola fold (fraction basic weight excluding fold)

Stail horizontal or vertical tail planform area ft? or m?
Usail unit weight of tail planform 1b/ft? or kg/m?

294 Fuselage Group

The fuselage group consists of: basic structure; wing and rotor fold/retraction; tail fold/tilt; and
marinization, pressurization, and crashworthiness structure. The AFDD84 model is a universal body
weight equation, used for tiltrotor and tiltwing as well as for helicopter configurations. The AFDDS§2
model is a helicopter body weight equation, not used for tiltrotor or tiltwing configuration.

For the AFDD84 (UNIV) model, the basic structure weight is

0.4879 0.2075
Warro n:Wsp 01676 §0.1512
1000 1000 body

Wpasic = 25~41fLGlochGrctframp (

Whasic = XbasicWbasic

where frgoc = 1.1627 if the landing gear is located on the fuselage, and 1.0 otherwise; frgret = 1.1437
if the landing gear is on the fuselage and retractable, and 1.0 otherwise; framp = 1.2749 if there is a cargo
ramp, and 1.0 otherwise. Based on 35 aircraft, the average error of the body equation is 6.5% (fig. 29-9).
The tail fold, wing and rotor fold, marinization, pressurization, and crashworthiness weights are:

Wisold = fifold Whail Wifold = Xtfold Wtfold
Wwfold = fwfold(Wwing + Wtip) Witola = Xwfold Wwfold
Wimar = fmarWhasic Winar = XmarWmar
Wpress = fprosstasic Wprcss = XpressWpress

Wew = fCW(Wbasic + Witola + Watold + Wiar + Wpress) Wew = Xew Wew

Typically fiso1a = 0.30 for a folding tail, and f,, = 0.06. For wing folding the weight on the wing tip
(W4ip) is required (calculated as for the wing group). Parameters are defined in table 29-6, including
units as used in these equations.
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Table 29-6. Parameters for fuselage weight (AFDD84 model).

parameter definition units
Wirro maximum takeoff weight Ib
Wsp structural design gross weight b
Shody wetted area of body ft2
R main-rotor radius ft
n, design ultimate flight load factor at Wsp g
14 length of fuselage ft
ffold tail fold weight (fraction tail weight)

fwiold wing and rotor fold weight (fraction wing/tip weight)

Whail tail group weight

Waing + Whip wing group weight plus weight on wing tip

fmar marinization weight (fraction basic body weight)

fpress pressurization (fraction basic body weight)

Sew crashworthiness weight (fraction fuselage weight)

For the AFDDS82 (HELO) model, the basic structure weight is

W 0.4908

Whasic = XbasicWhasic
where fiamp = 1.3939 if there is a cargo ramp, and 1.0 otherwise. Based on 30 aircraft, the average error
of the body equation is 8.7% (fig. 29-10). The tail fold, wing and rotor fold, marinization, pressurization,
and crashworthiness weights are:

Witold = fiford Whasic Wifold = Xtfold Wtfold
Wyiold = fwrold(Whasic + Wifold) Wfold = Xwiold Wwiold
Wmar = fmaerasic Wnar = XmarWmar
Wpress = fpresstasic Wpress = Xpress Wpress

Wew = fCW(WbaSiC + Witold + Wywiold + Wiar + Wpress) Wew = Xew Wew

Typically fito1a = 0.05 for a folding tail, and f.,, = 0.06. Parameters are defined in table 29-7, including
units as used in these equations.

Table 29-7. Parameters for fuselage weight (AFDDS82 model).

parameter definition units
Wyro maximum takeoff weight Ib
Shody wetted area of body ft2
R main-rotor radius ft

n, design ultimate flight load factor at Wsp g

14 length of fuselage ft
Jstold tail fold weight (fraction basic structure)

Swtold wing and rotor fold weight (fraction basic structure and tail fold)

fmar marinization weight (fraction basic body weight)

Jpress pressurization (fraction basic body weight)

few crashworthiness weight (fraction fuselage weight)
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29-5 Alighting Gear Group

The alighting gear group consists of: basic structure, retraction, and crashworthiness structure.
There are two models, parametric (AFDD82) and fractional. The basic landing gear weight is:

parametric wre = 04013WJ(\)4%§82N2§360(W/S)01525
fractional wra = freWuro

and Wre = xrowrg- Typically fre = 0.0325 for wheeled gear, or f ¢ = 0.014 for skid gear (frac-
tional method). Based on 28 aircraft (wheeled gear), the average error of the parametric equation is
8.4% (fig. 29-11), 7.4% for rotorcraft only or 10.2% for fixed wing aircraft only. The retraction and
crashworthiness weights are:

WLGret = fLGretWLG WrGret = XLGretWLGret

WrGew = fraew(Wra + Wigret) WrGew = XLGewWLGew

Typically frgres = 0.08, and frgew = 0.14. Parameters are defined in table 29-8, including units as used
in these equations.

Table 29-8. Parameters for landing gear weight.

parameter definition units
Warro maximum takeoff weight Ib
fre landing gear weight (fraction maximum takeoff weight)

w/S wing loading (1.0 for helicopter) Ib/ft?
Nra number of landing gear assemblies

frGret retraction weight (fraction basic weight)

fLGew crashworthiness weight (fraction basic and retraction weight)

29—6 Engine Section or Nacelle Group and Air Induction Group

The engine section or nacelle group consists of: engine support structure, engine cowling, and
pylon support structure. The weights (AFDD82 model) are:
Wsupt - Xsupt00412(1 - fairind)(chg/Ncng)1'1433N<;1ﬁ?é762
Weowl = X(:OWIO~2315SL3476

Woylon = Xpylon fpylon WarTo
Based on 12 aircraft, the average error of the engine support equation is 11.0% (fig. 29-12). Based on
12 aircraft, the average error of the engine cowling equation is 17.9% (fig. 29-13). The air induction
group weight (AFDD82 model) is:

Wairind = Xairind0~0412fairind(Weng/Neng)1.1433N1.3762

eng
Typically fairina = 0.3 (range 0.1 to 0.6). Based on 12 aircraft, the average error of the air induction
equation is 11.0% (fig. 29-14).
Alternatively, the nacelle group weight (including support, cowling, and pylon) scales with power
or thrust, and the air induction group weight scales with the nacelle area:
engine group: jet group:

Xnac _ Xnac
Weowl = Xcowl HKnacP Weowl = Xcowl KnacT
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Wairind = XairindSnaCUairind

Parameters are defined in table 29-9, including units as used in these equations.

Table 29-9. Parameters for engine section, nacelle, and air induction weight.

parameter definition units

Warro maximum takeoff weight Ib

Weng weight all main engines b

Neng number of main engines

Shac wetted area of nacelles and pylon (less spinner) ft

fairind air induction weight (fraction nacelle plus air induction)

foylon pylon support structure weight (fraction Wsro)

P engine group power (SLS static, specified rating) hp

T jet group thrust (SLS static, specified rating) Ib

Uirind unit weight of air induction group Ib/ft? or kg/m?

29-7 Propulsion Group

The propulsion group consists of the engine system, fuel system, and drive system.

29-7.1 Engine System

The engine system consists of the main engines, the engine exhaust system, and the engine acces-
sories. The engine system weights are:

engine group: jet group:

Weng = XengNengWone eng Weng = Xjet Vjet Wone jet

Wexh = XexhNeng (Koexh + Kiexn P) Wexh = Xexh Njet (Koexh + KiexnT)
Wace = Xace2-0088 fiub(Weng/Neng )71 N2 7858

eng

where f,1, = 1.4799 if the accessory weight includes the lubrication system weight, 1.0 if the lubrication
system weight is in the engine weight. The exhaust system weight is per engine, including any infrared
suppressor. The accessory weight equation is the AFDD82 model. Based on 16 aircraft, the average error
of the accessories equationis 11.5% (fig. 29-15). The engine system weight Wgrgs = Weng + Wexn + Wace.
Parameters are defined in table 29-10, including units as used in these equations.

Table 29-10. Parameters for engine system weight.

parameter definition units
Neng number of main engines

Niet number of jets

P installed takeoff power (SLS static, specified rating) per engine hp

T installed takeoff thrust (SLS static, specified rating) per jet Ib

Koexhs Kiexh engine exhaust weight vs. power or thrust, constants
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29-7.2 Propeller/Fan Installation

The auxiliary propulsion or propeller weight is:

AFDDS82 Wt = Xat0.0809484 Ny, TL OV (T, /A,y ) 7007821
AFDDI10 W = Xat9~90350NatPgt'glg%Nﬁg'dismgQ;r%émegé?gofm

where T, is at maximum speed, design gross weight, and SLS conditions, calculated or input. The
material factor f,,, = 1 for composite construction; 1.20 for wood; 1.31 for aluminum spar; and 1.44 for
aluminum construction. Based on 16 aircraft, the average error of the AFDD10 equation is 10.5%. The
propeller weight is calculated by the rotor component model, including rotor support and duct weights.
Rotor weight models can be used for the propeller. Parameters are defined in table 29-11, including
units as used in these equations.

Table 29-11. Parameters for propeller weight.

parameter definition units
Nat number of auxiliary thrusters

Tt thrust per propeller Ib
At auxiliary thruster disk area ft?
Py power per propeller hp
Nplade number of blades per propeller

Qprop propeller rotation speed at P, rpm
Dprop propeller diameter ft

29-7.3 Fuel System

The fuel system consists of tanks and support structure (including fuel tanks, bladders, supporting
structure, filler caps, tank covers, and filler material for void and ullage), and fuel plumbing (including
fuel system weight not covered by tank weight). There are two models for tank weight, parametric
(AFDDS82) and fractional. The fuel system weights (AFDD82 model) are:

Wtank = Xtanko~43410&Z717N'0V5897fcwf111;9491

int

Wplumb = Xplumb [K(Jplumb + Klplumb (0~01Nplumb + 0~06Neng)(F/Neng)0.866}

where f., = 1.3131 for ballistically survivable (UTTAS/AAH level) and 1.0 otherwise. The ballistic
tolerance factor f,,; = 1.0 to 2.5. Based on 15 aircraft, the average error of the fuel tank equation is 4.6%
(fig. 29-16). The fuel flow rate F is calculated for the takeoff power rating at static SLS conditions.
Kiplumb 18 a crashworthiness and survivability factor; typically Kipiumb = 2. Koplumb 1S the sum of
weights for auxiliary fuel (typically up to 120 Ib), in-flight refueling (up to 150 1b), pressure refueling
(up to 150 Ib), inerting system (up to 20 Ib), etc.; typically Kopiumb = 50 to 250 Ib. Alternatively, for the
fractional model the fuel tank weight is Wiank = Xtank frank Wruel—cap- The fractional model for the fuel
plumbing weight is Wiiumb = Xpiumb(Wiank/Xtank) fprumb/(1 — fplumb). Parameters are defined in table
29-12, including units as used in these equations.
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Table 29-12. Parameters for fuel system weight.

parameter definition units
Nipg number of internal fuel tanks

Cint internal fuel tank capacity gallons
fot ballistic tolerance factor

Nptumb total number of fuel tanks (internal and auxiliary) for plumbing

Neng number of main engines

Koptumbs K1plumb plumbing weight, constants Ib

F fuel flow rate Ib/hr
frank fuel tank weight (fraction fuel capacity)

fplumb fuel plumbing weight (fraction total fuel system weight)

29-7.4 Drive System

The drive system consists of gear boxes and rotor shafts, drive shafts, and rotor brake. This
distribution of drive system weights is based on the following functional definitions. Gearboxes are
parts of the drive system that transmit power by gear trains, and the structure that encloses them. Rotor
shafts are the structure (typically a shaft) that transmits power to the rotor. Drive shafts are the structure
(typically a shaft) that transmits power in the propulsion system, but not directly to the rotor or by a gear
train. The rotor brake weight encompasses components that can prevent the rotor from freely turning.
The gear box and rotor shaft weights for the AFDD83 model are:

gt = STTPR SN 1000105 5T

ng = ng(l - f’r’s)wgb'rs
Wye = erfrswgbrs

Based on 30 aircraft, the average error of the gear box and rotor shaft equation is 7.7% (fig. 29-17). The
gear box and rotor shaft weights for the AFDD00 model are:

_ 0.38553 p0.78137 (70.09899 /(10.80686
Wybrs = 95‘7634Nrot0r PDSlimithng /Qrotor

ng = ng(l - f'r‘s)wgbrs
Wys = X'r‘sf'rswgbrs
Based on 52 aircraft, the average error of the gear box and rotor shaft equation is 8.6% (fig. 29-18).

Typically f,s = 0.13 (range 0.06 to 0.20). Parameters are defined in table 29-13, including units as used
in these equations.

The drive shaft (AFDD82 model) and rotor brake weights are:

Was = Xas1-166QB5imse i~ Nas™(0-01fp)"
Wit = x760.000871Wiade(0.01 Vi)
where fp = foQother/main. Based on 28 aircraft, the average error of the drive shaft equation is 16.0%

(fig. 29-19). Based on 23 aircraft, the average error of the rotor brake equation is 25.1% (fig. 29-20).
The clutch weight in the weight statement is associated with an auxiliary power unit, and is a fixed input
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value. The conventional rotor drive system clutch and free wheeling device weights are included in the
gear box and rotor shaft weight equations. Parameters are defined in table 29-14, including units as used
in these equations.

Typically fp = fo = 60% for twin main-rotors (tandem, coaxial, and tiltrotor); for a single main-
rotor and tail-rotor, fo = 3% and fp = 15% (18% for 2-bladed rotors).

Table 29-13. Parameters for drive system weight.

parameter definition units
Ppstimit drive system power limit (MCP) hp
Nrotor number of main-rotors

Ngp, number of gear boxes

Qrotor main-rotor rotation speed rpm
Qeng engine output speed rpm
fo second (main or tail) rotor torque limit* %
frs rotor shaft weight (fraction gear box and rotor shaft)

*input as fraction of total drive system torque limit

Table 29-14. Parameters for drive shaft and rotor brake weight.

parameter definition units
QDSlimit PDSlimit/Qrotor (MCP) hp/rpm
Nys number of intermediate drive shafts

Thub length of drive shaft between rotors ft

fp second (main or tail) rotor power limit* %

Viip main-rotor tip speed ft/sec

*input as fraction of total drive system power limit

29-8 Flight Controls Group

The flight controls group consists of cockpit controls, automatic flight control system, and system
controls. System controls consist of fixed wing flight controls, rotary wing flight controls, and conversion
(rotor tilt) flight controls. The weight equations model separately non-boosted controls (which do not
see aerodynamic surface or rotor loads), boost mechanisms (actuators), and boosted controls (which are
affected by aerodynamic surface or rotor loads). The load path goes from pilot, to cockpit controls, to
non-boosted controls, to boost mechanisms, to boosted controls, and finally to the component.

The cockpit controls weight W, is fixed (input), or scaled with design gross weight: W, =
K chg <=, The automatic flight control system weight W, s is fixed (input).

Fixed wing flight controls consist of non-boosted flight controls and flight control boost mechanisms.
The weights are:

full controls w = 0.91000W 350
only stabilizer controls w = 0.01735W 3531 5710952

and then
WrEWwnb = XFWnbfFwns W

Wewmb = XFwmb(1 — frwny) w
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For a helicopter, the stabilizer control equation is used. Parameters are defined in table 29-15, including
units as used in these equations.

Table 29-15. Parameters for fixed wing flight control weight.

parameter definition units
Shi horizontal tail planform area ft2
Wyro maximum takeoff weight Ib
fEWnb fixed wing non-boosted weight

(fraction total fixed wing flight control weight)

Rotary wing flight controls consist of non-boosted flight controls, flight control boost mechanisms,
and boosted flight controls. The non-boosted flight control weight (AFDD82 model) is:

fraction method Wrwnb = XRwnbSRWnb(1 — fRWhyd)Wye
parametric method Wawnb = Xewnb2- 1785 frpso Wiirg N385

where fps, = 1.8984 for ballistically survivable (UTTAS/AAH level), 1.0 otherwise. The parametric
method assumes the rotor flight controls are boosted and computes the weight of the non-boosted portion
up to the control actuators. Based on 20 aircraft, the average error of the non-boosted flight controls
equation is 10.4% (fig. 29-21). The flight control boost mechanism weight and boosted flight control
weight (AFDDS82 model) are:

Wee = 02873fmb8’u (NrotorNblade)0.625701.3286 (O_Olmip)2.1129 103.‘%9;162(1

Wawmb = Xrwmb(1 — fRWhyd)Wc
Waws = Xaw60.02324 foss (Nrotor Notade) "2 Nigtar > 229 (0.01 V) > 1577

rotor

where f.ps0 = 1.3029 and f,s, = 1.1171 for ballistically survivable (UTTAS/AAH level); 1.0 otherwise;
and frwrea = 1.0 to 3.0. Typically frwns = 0.6 (range 0.3 to 1.8); frwnya = 0.4. Based on 21 aircraft,
the average error of the boost mechanisms equation is 6.5% (fig. 29-22). Based on 20 aircraft, the
average error of the boosted flight controls equation is 9.7% (fig. 29-23). Parameters are defined in table
29-16, including units as used in these equations.

Table 29-16. Parameters for rotary wing flight control weight.

parameter definition units
Wyrro maximum takeoff weight b
Nrotor number of main-rotors

Nplade number of blades per rotor

c rotor mean blade chord ft
Viip rotor hover tip velocity ft/sec
FRWnb rotary wing non-boosted weight (fraction boost mechanisms weight)

frRWhyd rotary wing hydraulics weight

(fraction hydraulics plus boost mechanisms weight)
JfRWred flight control hydraulic system redundancy factor
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The conversion controls consist of non-boosted tilt controls, and tilt control boost mechanisms;
they are used only for tilting rotor configurations. The weights are:

Wevmb = fevmsWarro Wevmb = XCVmbWCVmb

wevny = fevaeWevme Wovnb = XCVrbWCVnab

Parameters are defined in table 29-17, including units as used in these equations.

Table 29-17. Parameters for conversion control weight.

parameter definition units
Wuro maximum takeoff weight Ib
Jovan conversion non-boosted weight (fraction boost mechanisms weight)

fovmb conversion boost mechanisms weight (fraction maximum takeoff weight)

299 Hydraulic Group

The hydraulic group consists of hydraulics for fixed wing flight controls, rotary wing flight controls,
conversion (rotor tilt) flight controls, and equipment. The hydraulic weight for equipment, Wggnya, is
fixed (input). The weights (AFDDS82 model) are

WrEwhyd = XFWhyd fFWhyd WEWmb
WRWhyd = XBRWhyd [RWhydW e

Wevhyd = XcFhyd feviyaWevms

Typically frwnya = 0.4. Parameters are defined in table 29-18, including units as used in these equations.

Table 29-18. Parameters for hydraulic group weight.

parameter definition units
fFWhya fixed wing hydraulics weight (fraction boost mechanisms weight)
JRWhyd rotary wing hydraulics weight
(fraction hydraulics plus boost mechanisms weight)
Jfovhyd conversion hydraulics weight (fraction boost mechanisms weight)

29-10 Anti-Icing Group

The anti-icing group consists of the anti-ice system. The electrical system for anti-icing is part of
the electrical group. The weights are obtained from the sum over all rotors, all wings, and all engines:

Whrelect = XDIelect § kelecAblade

WDIsys = XDIsys (Z krotorAblade + Z kwinggwing + Z kairWeng + Z kjetW]'et)

Parameters are defined in table 29-19, including units as used in these equations.
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Table 29-19. Parameters for anti-icing group weight.

parameter definition units
Aplade total blade area of rotor, from geometric solidity ft? or m?
Liing wing length (wing span less fuselage width) ft or m
keloct electrical system weight factor

krotor rotor deice system weight factor

wing wing deice system weight factor

Eair engine air intake deice system weight factor

Ejet jet air intake deice system weight factor

29-11 Other Systems and Equipment

The following weights are fixed (input) in this model: auxiliary power group; instruments group;
pneumatic group; electrical group (aircraft); avionics group (mission equipment); armament group
(armament provisions and armor); furnishing and equipment group; environmental control group; and
load and handling group. Typical fixed weights are given in table 29-20, based on medium to heavy
helicopters and tiltrotors.

Table 29-20. Other systems and equipment weight.

group typical weight (Ib)
SYSTEMS AND EQUIPMENT
flight controls group
cockpit controls 100-125
automatic flight control system 35-200
flight control electronics, mechanical 35-100
flight control electronics, fly-by-wire 250
auxiliary power group 130-300
instruments group 150-250
hydraulic group
equipment 50-300
electrical group 400-1000
avionics group (mission equipment) 400-1500
furnishings & equipment group 600-1000
crew only 100-200
environmental control group 50-250
anti-icing group 50-300
load & handling group
internal 200400
external 150-300
FIXED USEFUL LOAD
crew 500-800

fluids (oil, unusable fuel) 50-150
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29-12 Folding Weight

Folding weights are calculated in a number of groups: wing Wi,4 (including extensions), rotor
Wiold» tail Wioa, fuselage Wigo1g and Wyso1a. These are the total weights for folding and the impact of
folding on the group. A fraction fi,qxis Of these weights can be in a kit, hence optionally removable.
Thus of the total folding weight, the fraction fiqxis 1S a kit weight in the fixed useful load of the weight
statement, while the remainder is kept in the wing, rotor, or fuselage group weight.

29-13 Parametric Weight Correlation

Table 29-21 summarizes the statistics of the parametric weight estimation equations. Figure 29-24
shows the error of the calculated weight for the sum of all parametric weight, accounting on average
for 42% of the empty weight. This sum is composed of the structural group (based on the AFDDO0O0
equation for rotor blade and hub weights, and the AFDD84 equation for body weight), the propulsion
group (based on the AFDDO0O equation for drive system weight), and the flight controls group. Based
on 42 aircraft, the average error of the sum of all parametric weight is 5.3%. The corresponding average
error is 6.1% for the structural group (8.6% for the rotor group alone), 10.9% for the propulsion group,
and 8.7% for the flight controls group.

Table 29-21. Statistics of parametric weight equations.

group number of aircraft average error (%)
wing 25 34
rotor blade AFDD82 37 7.7
rotor hub AFDDg2 37 10.2
rotor blade AFDDO00 51 79
rotor hub AFDDO00 51 12.2
horizontal tail 13 224
vertical tail 12 233
tail-rotor 19 16.7
fuselage AFDDg2 30 8.7
fuselage AFDD84 35 6.5
alighting gear 28 8.4
engine support 12 11.0
engine cowling 12 179
air induction 12 110
accessory 16 115
propeller AFDD10 16 10.5
fuel tank 15 4.6
gear box + rotor shaft AFDDS3 30 7.7
gear box + rotor shaft AFDDO00 52 8.6
drive shaft 28 16.0
rotor brake 23 25.1
rotary wing flight controls non-boosted 20 104
rotary wing flight controls boost mechanisms 21 6.5

rotary wing flight controls boosted 20 9.7
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Figure 29-2. Rotor group, blade weight (AFDDS2).
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Figure 29-4. Rotor group, blade weight (AFDDO00).
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Figure 29-5. Rotor group, hub weight (AFDDO00).
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Figure 29-6. Empennage group, horizontal tail weight (AFDD82).
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Figure 29-7. Empennage group, vertical tail weight (AFDDS2).
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Figure 29-8. Empennage group, tail-rotor weight (AFDD82).
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Figure 29-10. Fuselage group, fuselage weight (AFDDS2).
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Figure 29-11. Alighting gear group, landing gear weight (AFDD82).
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. Engine section or nacelle group, engine support weight (AFDD82).
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Figure 29-16. Propulsion group, fuel tank weight (AFDD82).
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Figure 29-17. Propulsion group, gear box and rotor shaft weight (AFDD83).
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Figure 29-20. Propulsion group, rotor brake weight.
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Figure 29-21. Flight controls group, rotor non-boosted control weight (AFDD82).
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Figure 29-22. Flight controls group, rotor boost mechanisms weight (AFDD82).
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Figure 29-23. Flight controls group, rotor boosted control weight (AFDDS82).
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Chapter 30

Other Weight Models

This chapter presents aircraft weight models developed by a number of organizations: Boeing
(refs. 1to 4), GARTEUR (Aerospatiale and MBB, ref. 5), Tishchenko (refs. 6 and 3), Torenbeek (ref. 7),
and Raymer (ref. 8). The weights are estimated from parametric equations, based on the weights of
existing aircraft. In addition, generic weight estimation equations are implemented for some groups.

The results of these equations are the weight in pounds, and the units of the parameters are noted
in the tables. Technology factors x are included in the weight equations. The input usually includes a
weight increment dW that can be added to the results of the weight model. Thus typically a component
or element weight is obtained from W = ywpmoqel + dW. Weight of individual elements in a group can
be fixed by using dW and setting the corresponding technology factor x = 0. With x # 0, the increment
dW can account for something not included in the parametric model.

30-1 Wing Group

The wing group consists of: basic structure (primary structure, consisting of torque box and spars,
plus extensions); fairings (leading edge and trailing edge); fittings (non-structural); fold/tilt structure;
and control surfaces (flaps, ailerons, flaperons, and spoilers).

The total wing weight is:

Boeing
0.585

1+ A
Wying = 0.0680 |/ Wp f1, Sy log (b /wy)y / ;_ Y 1og Vgive log Ay,
Tw

GARTEUR

0.4
2 y
Wying = 0.00715 f1 (1 4 0.12fap)" " (02 Wp f1,)*7% 807 A%:47 <T—> (114 Ay /2)" %%

w

The factor frr = 1.116 for tiltrotors, 1.0 otherwise.

Torenbeek (light aircraft, up to 12500 Ib)
b 0.75 b/ cos Ayt 0-3
N 0.55 w . W/ i
Wing = 0.00125(n% P Wrro f1) (COS Aw) (1 + /6.25cos Ay /bw) <WMTO o Sw)

Torenbeek (transport catagory aircraft)

. by \OT bu/ cos Ayt \*°
Wing = 0.0017(n05 Wy 5 f1) (1+ V625 cos A, /by) Warzrfr/Sw

cos Ay,
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Raymer (cargo/transport)

(14 M)t 80

B 0.557 G0.649 40.5
Wying = 0.0051(nWp fL)"*""5,° " Ay 794 cos A

Raymer (general aviation)

dive
w 0.3 0.9
793 cos AY;

)\0.04‘/0.012
Wwing = 0-0087(nZWDfL)0‘49S2}~758A0.6w—

The lift factor f1, accounts for wing relief factor and wing/rotor lift share.

Then the primary structure, secondary structure, and control surface weights are calculated as for
the AFDD aircraft wing model. The wing extension weights are calculated as for the AFDD model.
Parameters are defined in table 30-1, including units as used in these equations.

Table 30-1. Parameters for wing weight.

parameter definition units
Wp design gross weight b
Wyrro maximum takeoff weight Ib
Wrazr maximum zero fuel weight Ib
fr lift factor

Sw wing planform area (theoretical) ft?
b wing span ft
Ay wing aspect ratio

wy maximum fuselage width ft
Aw wing taper ratio (tip chord/root chord)

Ay wing sweep angle deg
Tw wing root airfoil thickness-to-chord ratio

tw wing root airfoil thickness ft
n, design ultimate flight load factor g
Vidive dive speed kts
Se control surface area ft2
faap ratio maximum lift coefficient with and without flaps

30-2 Rotor Group

The rotor group consists of: blades, hub and hinge, spinner, and blade fold structure. The blade
and hub-hinge weights are:

Boeing

0.438
Wplade = 0~0378Nr0t0r |:(nz WD ftb/Nrotor)R2 (R - T)Nbladecfbfd'r:|

0.358
Whub = 0-00704Nr0t0r I:(Wblade/Nrotor)RQQ (Ptofth/Nrotor)rl.82N}ifa5defamd:|

with f, = 1.0 for articulated rotor, 2.2 hingeless or teetering rotor; fi, = 0.247 and f;, = 0.577 for
tandem, 1.0 single main rotor; fuma = fofmfa4, design concept factor f, = 0.53 for hingeless rotor and
1.0 otherwise, material factor f,, = 1.0 for steel and 0.56 titanium and 0.354 composite, development
factor f; = 1.0 early, 0.62 developed. The droop factor is f4. = max(1, R-6/(1200¢0.25)). The blade
attachment radius is typically /R = 0.08 to 0.11.
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GARTEUR
Whlade = 4.199Nyot0r froot fcb (RNbladeC)

Whub = 0-004111Nr0t0r [(Wblade/Nrotor)V2 (Pto/Nrotor)RO-SQN]il‘gde

tip
with f,,0¢ = 1.17 for hingeless and teetering blades, 0.88 for composite articulated blades. The original
model is extended to other configurations by introducing f., = 0.56 for tandem helicopter, 0.65 for
tiltrotor.

Tishchenko

Whtade = 1.23Nsotor fup (0 RET /A0T) [1 F0.011R(\ — AO)]
Whub = 0~0000777Nr0t0rfchNblade(CFblade)1.35 |:1 + 0~O5(Nblade - 4)i|

where A = \/18, blade aspect ratio A\ = R/co.7, R = R/52.5, R\g = 12.4, and the last factor in the
blade weight equation has a minimum value of 1. For the hub weight, the centrifugal force per blade
iS CFilade = j;)R Q*rmdr = Q2L R(Myiade/ (NbladeNrotor)). The original model is extended to other
configurations by introducing f., = 0.45 for tandem helicopter, 0.80 for tiltrotor; and f.;, = 1.11 for
tandem helicopter, 0.34 for tiltrotor, 0.53 for teetering rotor, 0.67 for hingeless rotor.

generic

X X Xpae 17X Xbldo X
Whlade = KbladeNrotorNblgédeN RAPraR TR V:cipbldv Vblglfe (WJWTO /Nrotor) paw
Xhu X Xhube T/ X hu Xhuby X
Whub = Khub NrotorNblgdzN R hubR Fhube V;ip] bV th}i) b (WMTO /Nrotor) hubw
using system units. If the the rotor is not a main rotor, Tyesign 18 used for Wasro /Nrotor -

The blade weight is for all blades of the rotors. If the weight is evaluated separately for each rotor,
then the leading N,.toy = 1 in these equations (with blade weight, design gross weight, and takeoff
power per rotor). The fairing/spinner, blade fold, rotor support, and duct weights are calculated as for
the AFDD model. Parameters are defined in table 30-2, including units as used in these equations.

Table 30-2. Parameters for rotor weight.

parameter definition units
Neotor number of rotors

Nplade number of blades per rotor

R rotor radius in hover ft

r center of rotation to blade attachment ft

c rotor mean geometric blade chord ft

o rotor solidity

to.25 blade thickness at 25%R ft
Wp design gross weight Ib

n, design limit flight load factor g

Q rotor rotation speed rpm
Viip hover tip speed ft/sec
P, takeoff power hp
Vblades Vhub flap natural frequency (for weight estimate) per rev
Wuvro maximum takeoff weight

Tdesign rotor design thrust
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30-3 Empennage Group

The empennage group consists of: horizontal tail, vertical tail, and tail-rotor. The tail plane weight
consists of the basic structure and fold structure. The horizontal tail weight is:
GARTEUR

Wit = x1:0.00000518V,2: 44117535

max

Torenbeek (Viive up to 250 knots)
Whail = Xht0-04(nzst2ail
Torenbeek (transport catagory aircraft)

Whi = Xht frnSrt0.00346 (ngvdive/\/ cos Aht)

where f, = 1.0 for fixed stabilizer, 1.1 for variable-incidence tail.

>0.75

Raymer (cargo/transport)

0704 (14 Sc/Sne)*!

Wi = v1:0.0379 f n0-107770-639 g0.75 40.166
ht = Xht fumz D ht “Tht Y (14 wy/bpt)%25 Ly cos Ay
Raymer (general aviation)
VQ.336 cos A0.034
Wht — X}Lt0~00354(nzWD)0'41452;5896/12%043 leeOIO2 0.1}2Lt
At Thi
where f;, = 1.143 for all-moving horizontal tail, 1.0 otherwise.

The vertical tail weight is:
GARTEUR
Wt = X0:0.025359,508 17,647

Torenbeek (Vgive up to 250 knots)
Wiail = th0-04(nzst2&il)
Torenbeek (transport catagory aircraft)

Wt = Yot foS5:0.00346 (sgfvdive /\/cos Avt)

where f, = 1.0 for fuselage-mounted horizontal tail, f, = 1 4+ 0.15(Sn:h:)/(Suibye) for fin-mounted
stabilizer (T-tail).
Raymer (cargo/transport)

0.75

1

05 705
Trgor L7 > cos Ay

th — XUtO'OOQvalng‘536Wg‘55658i5A0‘35K5‘875

vt

Raymer (general aviation)

VO‘244

0.376 00.873 40.357 i
Wyt = x0t0.00382f,2(n,Wp) Soi At 5039046 —— 0951
A TP cos Ay

vt vt

where f,; = 1.0 for conventional tail, 1.169 for T-tail; f,» = 1.0 for conventional tail, 1.2 for T-tail.

The tail-rotor weight is:

Boeing
0.67
Wi = x2r0.0297 {7‘0'25P£«'5‘/tipRNbladec}
GARTEUR

1.372
Wir = Xt 12.48W 9556 (Rmo,7)
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Fold weight is calculated as for the AFDD model. Parameters are defined in table 30-3, including units
as used in these equations.

Table 30-3. Parameters for tail weight.

parameter definition units
Vinax maximum speed kts
Vidive dive speed kts
S tail planform area ft?
b tail span

A tail aspect ratio

A sweep angle deg
A taper ratio (tip chord/root chord)

ht /byt height horizontal tail above fin root (fraction span)

Py, tail rotor transmission power limit hp
Viip hover tip speed ft/sec
R radius ft
Nilade number of blades

c mean chord ft

T rotor blade attachment radius ft

o solidity

To.7 airfoil thickness-to-chord ratio at 0.7R

Wp design gross weight Ib
n, design ultimate flight load factor g
wy /bt fuselage width at horizontal tail (fraction span)

Ly tail length (wing to horizontal tail) ft
S. control surface area ft2
K, aircraft pitch radius of gyration ft
K, aircraft yaw radius of gyration ft

30-4 Fuselage Group

The fuselage group consists of: basic structure; wing and rotor fold/retraction; tail fold/tilt; and

Boeing

marinization, pressurization, and crashworthiness structure. The basic structure weight is

0.8

Whasic = 0.198 [(nzWSDSbody(gc + 4, + ACG))O'5 log Viive

where (¢ + ¢, + ACG)/lroay = 1.0 for tandem, and 0.3-0.6 for single main rotor (0.7-0.8 with ramp).

GARTEUR (airplane)
Whasic = 0.149 (n.Wp Shody gbody)o.44
GARTEUR (helicopter)
Whasic = 0.0280RW10)<67n2.335
Tishchenko

Whasic = 0251Wg255808c18y Lg;"lﬁ(l—i-a)
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where « = 0.0 for single main rotor, 0.2 for tandem helicopter, 0.05 for side-by-side.

Torenbeek

L 0.5
asic = 0021512 Ve ive—t
Wp body ( d Whody T thdy

Raymer (cargo/transport)
Whasic = 0«3280fdoorfLG (nz WD )0'5586%0};26%3(%1'%04 (gbody/hbody)o.lo

Raymer (general aviation)

VQ.482
Whasic = 0.0103(n. WD 0.17751.086 dive
asic ( z ) body Lg'051(£body/hbody)o'072

0.271
Wpress = 11-9(Vpresspdelta)

where fq00r = 1.0 for no cargo door, 1.06 for one side cargo door, 1.12 for two side cargo doors or aft
clamshell door, 1.25 for two side cargo doors and aft clamshell door (f4oor = 1+.06n400r); fra = 1.12 for
fuselage-mounted main landing gear, 1.0 otherwise; and x,, = 1+0.75[(142Ay,) /(14X )]by tan Ay, /fbody -

For the weight penalty due to pressurization, Vpress = Chody Whody Abody > and typically Pgeiga = 8 psi.

generic

using system units.

Whasic

1000

X X
W fusW W fusn
= K ( MTO) <nz SD) S

Xtuss EXfusf

body

The tail fold, wing and rotor fold, marinization, pressurization, and crashworthiness weights are
calculated as for the AFDD84 model. Parameters are defined in table 30-4, including units as used in

these equations.

Table 30-4. Parameters for fuselage weight.

parameter definition units
Wuro maximum takeoff weight

Wsp structural design gross weight Ib
Wp design gross weight Ib
n, design ultimate flight load factor at Wgp g
Sbody wetted area of body ft?
L. length of cabin (nose to end of cabin floor) ft
l, length of rampwell ft
ACG center of gravity range at Wp, ft
Vidive dive speed kts
Loody fuselage length ft
Whody fuselage width ft
hbody fuselage height ft
L, rotor-rotor longitudinal separation ft
Ly tail length (wing to horizontal tail) ft
Ndoor number of cargo doors

Aw wing sweep angle deg
Aw wing taper ratio (tip chord/root chord)

bu wing span

Vioress pressurized volume ft3
Pielta cabin pressure differential psi
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30-5 Engine Section or Nacelle Group and Air Induction Group

The engine section or nacelle group consists of: engine support structure, engine cowling, and
pylon support structure. The weights (engine mounts and nacelle structure) are:

Boeing

0.41
Wsupt = XsuptNeng (Weng/Neng)nclf}

Weowl = Xcowl 1.255ha¢

The crash load factor is typically n. s = 8¢ for civil rotorcraft, 20¢ for military rotorcraft.

Raymer (cargo/transport)
Woeowl = Yeow10.6724 f,, £0:100:294,,0.119 70.611 60,224

nac nac z eng nac

where f, = 1.017 for pylon-mounted nacelle, 1.0 otherwise. The Raymer model includes the air
induction group weight. The nacelle length and width are calculated from f = wpac/lhac, assuming
Shac = TWnaclnac. Parameters are defined in table 30-5, including units as used in these equations.

Table 30-5. Parameters for engine section, nacelle, and air induction weight.

parameter definition units
Weng weight all main engines Ib
Neng number of main engines

Shac wetted area of nacelles and pylon (less spinner) ft2
Lrac nacelle length ft
Whpac nacelle width ft

n, design ultimate flight load factor g

30-6 Propulsion Group

The propulsion group consists of the engine system, fuel system, and drive system.

30-6.1 Propeller/Fan Installation

The auxiliary propulsion or propeller weight is:

Boeing
0.67
Wat = Xat0.0207 N [ PS iy, RNpaec
GARTEUR
Wat = Xat0.5320 Ny RO N3 PR30
Torenbeek
0.78174
Wat = Xat0.186 Nyt fo (RPat Njiog.)
generic

_ XatN pXatr Xate |/ Xatv pXatp
War = XﬂtKatNathlade R ¢ ‘/tipa Pat
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where f. = 1.0 for turboprop, 1.333 for reciprocating engine. The propeller weight is calculated by the
rotor component model, including rotor support and duct weights. Rotor weight models can be used for
the propeller. Parameters are defined in table 30-6, including units as used in these equations.

Table 30-6. Parameters for propeller weight.

parameter definition units
Nt number of auxiliary thrusters

Py power per propeller hp
Viip hover tip speed ft/sec
R radius ft
Nplade number of blades

c mean chord ft

r rotor blade attachment radius ft

30-6.2 Fuel System

The fuel system consists of tanks and support structure (including fuel tanks, bladders, supporting
structure, filler caps, tank covers, and filler material for void and ullage), and fuel plumbing (including
fuel system weight not covered by tank weight). The fuel system weights are:

Torenbeek (integral tanks)
Wtank = Xtank 8O(]Veng + Nint - 1) + 1501(31533]\[1(3]5}
Torenbeek (generic)

Xtan
Wiank = Xtank[(tamkcvintt b

with Ky = 2 and X = 0.667 for single-engine reciprocating; Kiank = 4.5 and Xiane = 0.60 for
multi-engine reciprocating; K.,k = 3.2 and X, = 0.727 for bladder tanks, turbofan or turboprop.

Raymer (cargo/transport)

1+ f,
Wtank = Xtank2-4O5C&EOGN8{E 1+ fI:

Raymer (general aviation)
Wtank — Xtank2'4900.726N0.242Neor.lé57(1 + fi)—0.363

int int

Parameters are defined in table 30-7, including units as used in these equations.

Table 30-7. Parameters for fuel system weight.

parameter definition units
Ning number of internal fuel tanks

Cint internal fuel tank capacity gallons
fi integral tank capacity (fraction total)

fo protected (self-sealing) tank capacity (fraction total)

Neng number of main engines
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30-6.3 Drive System

The drive system consists of gear boxes and rotor shafts, drive shafts, and rotor brake. This
distribution of drive system weights is based on the following functional definitions. Gearboxes are
parts of the drive system that transmit power by gear trains, and the structure that encloses them. Rotor
shafts are the structure (typically a shaft) that transmits power to the rotor. Drive shafts are the structure
(typically a shaft) that transmits power in the propulsion system, but not directly to the rotor or by a gear
train. The rotor brake weight encompasses components that can prevent the rotor from freely turning.
The gear box and rotor shaft weights are:

Boeing
0.67
Wybrs = 250 [(PDSIimit/er)Z?ﬁa5ft

Boeing (alternate)
0.8
Wbrs = 300[1.1P/0)]

where f; = 1.0 for single main rotor, f; = 1.3 x 1.2 = 1.56 for tandem main rotors. The number of
drive stages is typically z,,, = Wp/5000. For the alternate model applied to the entire drive system,
P/Q = Ppsiimit/Qmr. The alternate model is also applied to the tail rotor only, with P/Q = Py, /Oy,

GARTEUR (helicopter)
0.74
Wgbrs = 252'3(PDSIimit/er)
GARTEUR (tiltrotor)
0.8
Wgbrs = 345-6(PDSIimit/er)
Tishchenko

0.8 0.8
Wgbrs = 199-3(PDSIimit/Qm7‘) + 643 (Ptr/Qtr)

Wlth Ptr = ftTPDSIimit’ typlcally ftr = 10%
generic

o Xgsp Xgse ) Xgsr
Wgbrs = KngSPDSIimithngg 6Szrotor

using system units. These models are all implemented with an optional tail rotor drive weight increment
Awgprs = Kirgh270( Py /)08, Then

Wt = Xgb(1 = frs)Wgbrs

Wis = Xrs frsWgbrs
Parameters are defined in table 30-8, including units as used in these equations.

Table 30-8. Parameters for drive system weight.

parameter definition units
PpStimit drive system power limit hp
(O main-rotor rotation speed rpm
Qrotor main-rotor rotation speed rpm
Qeng engine output speed rpm
Zmr number of stages in main-rotor drive

P, tail rotor drive system power limit hp
Qur tail-rotor rotation speed rpm

fer tail-rotor power (fraction main-rotor power)
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30-7 Flight Controls Group and Hydraulic Group

The flight controls group consists of cockpit controls, automatic flight control system, and system
controls. System controls consist of fixed wing flight controls, rotary wing flight controls, and conversion
(rotor tilt) flight controls. The weight equations model separately non-boosted controls (which do not
see aerodynamic surface or rotor loads), boost mechanisms (actuators), and boosted controls (which are
affected by aerodynamic surface or rotor loads). The load path goes from pilot, to cockpit controls,
to non-boosted controls, to boost mechanisms, to boosted controls, and finally to the component. The
hydraulic group consists of hydraulics for fixed wing flight controls, rotary wing flight controls, and
equipment.

Fixed wing flight controls consist of non-boosted flight controls and flight control boost mechanisms.
The weights are:

GARTEUR
—0.36
w = 0.0350Wp (Wp /S, )

Raymer (cargo/transport)
NO .554

f 0.20 70.07
=5547——-—S5""T
w 1 +fm CcS Yy

WEWhyd = XFWhyd0.2673N ¢ (fhody + by, )0-937
Raymer (general aviation)
w = 0.053(nZWD/10000)0.8%.05%%%371
generic
w = w5

with typically Ny =4to 7, f,,Ny = 0 to 2. Then

Wewns = XFWwnb fEWnbs W
Wewmbs = XFwmb(1 — frwns) w

Wrwhyd = XFWhyd fFWhyd WFWmeb

as for the AFDD model. Parameters are defined in table 30-9, including units as used in these equations.

Table 30-9. Parameters for fixed wing flight control weight.

parameter definition units
Wuyrro maximum takeoff weight

Wp design gross weight Ib
Sw wing planform area (theoretical) ft?
Ny number of functions performed by controls

fm number of mechanical functions (fraction Ny)

Ses total area of control surfaces ft2

I, yaw moment of inertia (WpK7;) Ib-ft?
lhody fuselage length ft

buw wing span ft
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Rotary wing flight controls consist of non-boosted flight controls, flight control boost mechanisms,
and boosted flight controls. The Boeing weight equations model the main rotor controls (from and
including the power actuators, swashplate, up through the pitch links; identified as boost mechanisms
plus boosted controls) and the rotor systems (between cockpit controls and rotor controls; identified as
non-boosted controls) and hydraulics. The weights are:

Boeing
0.41
Wee = ch1~7|:WD}
051111
Wmb+b = O~562Nrotor |:C (RWbladc/Nrotor) :|
0.84
Wnb4hyd = 0'0906Nr0tor [WD/Nrotor:|
Wawmb = Xrwmb(1 — fRWb) Wmb+b
Wrwbv = XRwb fRWbWmb+b
WRWnb = XRWnb(l - .fRWhyd)wnb-l-hyd
Wrwhyd = XRWhyd fRWhyd Wnb+hyd
or
GARTEUR
wye = 0.0324TW75 0136
Tishchenko
Wfe = 0~824Nr0torNbladeCZR

generic

Wfe = KRW (NrotorNblade)XRWN RXRWRCXRWC (WMTO /Nrotor)XRWW (Wblade/Nrotor)XRWb

WrWmb = XRWmb/RWmbW e
Wrwby = XrRwo fRWbW e
Wawns = Xrwnb(1 = fRWmbs — fRWS — fRWhyd)W§e
WRWhyd = XRWhyd fRWhydW e

using system units for the generic model. Parameters are defined in table 30-10, including units as used
in these equations.

Table 30-10. Parameters for rotary wing flight control weight.

parameter definition units
Wuyro maximum takeoff weight

Wp design gross weight Ib

c rotor mean blade chord ft

R rotor radius ft
Whilade weight rotor blades b
Nrotor number of main rotors

Nblade number of blades
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30-8 Parametric Weight Correlation

Tables 30-11 and 30-12 summarize the statistics of the parametric weight estimation equations, for
the AFDD data base and a data base from Boeing (ref. 4), respectively. The technology factor y was
adjusted for each equation to minimize the average error. Except for the wing group, the aircraft in the
data base are all helicopters, in particular for the fuselage group and empennage group. The fuel system
weight is for just the tanks; the technology factors are about 70% larger for both tanks and plumbing.
The drive system weight includes the tail rotor.
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Table 30-11. Statistics of parametric weight equations, AFDD data base.

number of average technology

model aircraft error (%) factor
wing group

Boeing 23 14.1 x =0.73

GARTEUR 23 20.9 x = 1.07

Torenbeek 23 20.3 x =1.04

Raymer (cargo/transport) 23 16.9 x =124

Raymer (general aviation) 23 16.8 x = 1.31
rotor group, blade

Boeing 51 10.1 x =0.90

GARTEUR 51 11.8 x = 0.98

Tishchenko 51 18.8 x = 0.99
rotor group, hub

Boeing 45 27.5 x = 1.07

GARTEUR 45 27.6 x =134

Tishchenko 51 22.8 x = 0.89
horizontal tail

GARTEUR 13 37.3 x = 0.65

Torenbeek (transport) 13 24.7 x = 1.80
vertical tail

GARTEUR 12 26.7 x =0.79

Torenbeek (transport) 12 29.2 x = 1.92
tail rotor

Boeing 18 28.5 x = 0.64

GARTEUR 18 18.0 x = 0.67
fuselage group

GARTEUR (airplane) 28 13.0 x = 0.89

GARTEUR (helicopter) 28 21.5 x =0.94

Tishchenko 28 15.0 x = 0.90
engine section or nacelle group

Boeing (support) 14 24.9 x = 1.30

Boeing (cowl) 17 23.0 x = 0.84

Raymer (cargo/transport) 16 23.7 x =0.64
propeller

Boeing 13 27.9 x =113

GARTEUR 13 30.0 x = 1.18

Torenbeek 13 24.4 x = 0.77
fuel system

Raymer (cargo/transport) 34 24.8 x =175

Raymer (general aviation) 34 27.2 x = 1.10

Torenbeek (integral tanks) 32 29.2 x = 0.60

Torenbeek (generic) 34 29.3 x = 0.90
drive system

Boeing (alternate) 81 12.1 x = 0.61

GARTEUR (helicopter) 81 15.6 x = 0.90

GARTEUR (tiltrotor) 2 4.3 x = 0.75

Tishchenko 81 12.1 x = 0.99

tail rotor 24 19.5 Kirgp = 1.00
rotary wing flight controls

Boeing 24 19.0 x = 0.91

GARTEUR 23 20.1 x = 0.81

Tishchenko 22 32.8 x = 1.35
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Table 30-11. Statistics of parametric weight equations, Boeing data base.

number of average technology

model aircraft error (%) factor
rotor group, blade

Boeing 20 6.0 x =1.05

GARTEUR 20 12.8 x = 0.93

Tishchenko 20 16.3 x = 0.90
rotor group, hub

Boeing 20 10.6 x =0.93

GARTEUR 18 11.3 x = 1.28

Tishchenko 19 20.5 x = 0.99
fuselage group

Boeing 26 12.9 x = 1.04

GARTEUR (airplane) 23 16.6 x = 0.89

GARTEUR (helicopter) 26 16.5 x = 0.98

Tishchenko 23 12.9 x = 0.87
propeller

Boeing 12 19.1 x = 0.95

GARTEUR 12 18.3 x = 0.97

Torenbeek 12 21.0 x = 0.51
drive system

Boeing 25 6.3 x =0.98

Boeing (alternate) 27 10.2 x =0.73

GARTEUR (helicopter) 27 14.4 x = 1.07

Tishchenko 27 10.2 x = 1.18




Chapter 31
Small Aircraft Weight Models

Weight estimation models for small unmanned aircraft systems (UAS) are available from a number
of sources (refs. 1 to 11). The weights are estimated from parametric equations, based on the weights of
existing components. This chapter summarizes the weight models for electric motors, electric control
systems, and small propellers.

The results from the original equations are in various units; equations are presented here also for
English and SI units. Technology factors x are included in the weight equations. The input usually
includes a weight increment dWW that can be added to the results of the weight model. Thus typically a
component or element weight is obtained from W = xwmode + dW .

31-1 Electric Motors

The motor or generator weight can be a fixed input value, or calculated as a function of power or
torque. As a function of power, the weight of one engine is:

Xmotor ()X gmotor X
Wone eng — KOmotor + KlmotorP + KZmotorP * Q amotor KESCP BSe

where P = P..s (hp or kW), and Q = P,eakr/Nspec (ft-1b or m-N) for takeoff rating R. Note then
PXQXe = pXtXaN=Xe = NXQX+Xa, The last term accounts for the weight of the electronic speed
control system. The equations in SI and English units are summarized in table 31-1, and compared in
figures 31-1 and 31-2.

Noth (2008): Brushless model aircraft motors
Wone—eng = 0.294P

for maximum continuous power P in kW, weight in kg. Based on 784 motors, power from 10 W to 10
kW, the average error is about 30%. Also, for commercial brushed motors

Wone—eng =11.1P

Based on 1272 motors, power from 0.1 W to 100 W, the average error is about 50%.

Moodie (2017): Consumer market motors

—0.2933
Wone—eng =1.339 <1000> P0.8272 (L/D)O.3363 _ 5.239(P/Q)_0'2933P0'8272 (L/D)0.3363
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for maximum motor speed € in rpm, peak power P in W, motor length-to-diameter ratio L/ D (average
1.6), weight in g. Based on 605 motors, power from 15 W to 3 kW, the average error is 27.9%. Based
on the same data set

Q \ 01867
Wone—eng = 0.971 <m) pO8SL — 9 314(P/Q) 01867 po-8541

with average error 29.0%; or
Wone_eng = 0~593P0'8443

with average error 31.4%.

Strom (2017): Brushless DC motors
Wone—eng = 0.0.00084659 P0-98831

for power in ft-1b/sec, weight in 1b. Based on 244 motors, power up to 12 hp, the average error is about
20%.

Russell (2018): Small motors
Wone—eng = 0-3256Q0.5017

for maximum torque @ in ft-1b, weight in 1b. Based on 5 motors, torque from 0.4 to 1.1 ft-1b and power
from 400 W to 1200 W, the average error is 5%. Based on the same data set

Wone—eng = 0.01169P0-4915

for maximum power P in W, weight in Ib; the average error is 5%.

Ng (2018): AC permanent magnet synchronous motors for acronautical applications
Wone—eng = 0.4025Q% "

for maximum continuous torque @ in Nm, weight in kg. Based on 17 motors, torque from 3 Nm to 1000
Nm and power from 4 kW to 260 kW, the average error is about 20%.

Wone—eng = 0.4107P%%°

for maximum continuous power P in kW; the average error is about 20%.

Winslow (2018): From database of brushless DC motors
Wone—eng = 0.3930P°-9424

for power P in W, weight in g. Based on 296 motors, power from 20 W to 9800 W, the average error is
22.9%.
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Lim (2018); Brushless DC motors
Wone—eng = 0.2259P — 2.236

for maximum continuous power P in W, weight in g. Based on several hundred motors, power up to 4.
5kW, the average error is about 30%.

Duffy (2018): Aviation motors
Wonefeng = 0~58PO-80

for maximum continuous power P in kW, weight in kg. Based on 49 motors, power from 3 kW to 300
kW and torque from 5 Nm to 1800 Nm, the average error is about 35%.

Woncfcng = 0~33Q0'75

for maximum continuous torque @ in Nm, weight in kg; the average error is about 25%.

NDARC NASAI5: Motor weight depends primarily on the peak torque. Considering only the high
torque-to-weight motors, the weight is

Wonc eng — 0~3928Q0'8587

where QQ = Pyeakr/Nspec (ft-1b) for takeoff rating R. Based on 25 motors, power from 20 hp to 540 hp
and torque from 15 ft-1b to 61000 ft-Ib, the average error is 21.8%.

31-2 Electric Control Systems

The electric control system or electronic speed control weight can be estimated as a function of
power or current. From the maximum current  and operating voltage V', the device poweris P = IV/1000
kW or P = 745.71V/550 hp. The equations in SI and English units are summarized in table 31-2, and
compared in figurea 31-3 and 31-4.

Noth (2008): Motor control electronics for brushless motors
Wgsc = 0.0260P

for maximum power P in kW, weight in kg. Based on 170 devices, power from 10 W to 10 kW, the
average error is about 50%. A technology factor of 2.3 is recommended (0.06 kg/kW).

Schomann (2013): Electronic speed control
Wgsc = 0.026 Prsc + 5.747

for maximum continuous power Prsc in W, weight in g. Based on 74 devices, power from 50 W to 11
kW, the average error is 42.4%.
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Bershadsky (2016): Electronic speed controller
Wesc = 0.8421 1 ax

for maximum current I,,,,, in Amp, weight in g. Based on 16 devices, current from 7 A to 100 A, the
average error is about 20%.

Moodie (2017): Electronic speed control for consumer market

Wgse = 2.99870:863

max

for maximum current I, in Amp, weight in g. Based on 44 devices, current from 5 A to 180 A, the
average error is 31.9%.

Strom (2017): Electronic speed controller
Wesc = 0.003093970.91428

max

for maximum current I, in Amp, weight in Ib. Baed on 175 devices, current up to 200 A, the average
error is about 30%.

Winslow (2018): From database of electronic speed controller
Wesc = 0.8931;725°

max

for maximum current I, in Amp, weight in g. Based on 56 devices, current from 7 A to 250 A, the
average error is 22.1% (15.8% for weight less than 50 g).

Lim (2018): Electronic speed controller
Wgsc = 1.16521 a — 2

for maximum current I,,,,, in Amp, weight in g. Based on about 100 devices, current from 5 A to 100
A, the average error is about 30%.

Duffy (2018): Inverters and motor controllers
Wesc = 0.125P%

for maximum continuous power P in kW, weight in kg. Based on 45 devices, power from 1 kW to 600
kW, the average error is 55%.

31-3 Small Propellers

The NDARC generic rotor and propeller weight models are

X X Xblde 17X X X
Whlade = KblachrotorNble}f(ljdeNR PldR bl ‘V;;ipbldv Vbll;lfe" (WMTO /Nrotor) plaw
Xy XhubR »Xhube |/ Xhu Xnuby (117 Xhu
Whub = KhubNrotorNblg;dzNR hubR e bc‘/tiph vv th}i)b ( MTO/Nrotor) hubW

X, Xatr Xate 17X Xa
Wat = XatKatNath];tng tRC v ‘/tipatvpat P
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using system units. The equations in SI and English units are summarized in table 31-3, and compared
in figure 31-5.

Bershadsky (2016): Small propellers
Wprop = 0.08884D?

for diameter D in inches, weight in g. Based on about 30 propellers, diameter from 4 in to 30 in, the
average error is about 30%. Separate equations are given for wooden propellerss (to 11 in), plastic (13
in), nylon reinforced plastic (14 in), and carbon fiber (30 in), but there is too little data to support separate
equations.

Moodie (2017): Small propellers

_ 2.57329 ,0.48293 773.16944
Wprop = 0.00177D ¢ N2 169

for diameter D in inches, the pitch (¢ = 27r x tan 3, distance propeller moves without slip in one
revolution), weight in g. Based on 150 small propellerss, diameter 1.1 in to 73.2 in, the average error is
27.8%. Or

Wprop = 0.00374 D 35705 N 40172

with average error 33.0%.

Russell (2018): Small propellers
Wprop = 0.1413R*1324

for radius R in ft, weight in Ib. Based on 6 propellers, diameter from 13 in to 30 in, the average error is
12%.
Winslow (2018): Small propellers
Worop = 0.0105 R2:0839,—0:2038 N334 _ () 94 2-2897 ,—0.2038 \0.3306
prop —/ ¥ - ade

ade

for radius R in cm, solidity ¢ = Npjaqec/mR, number of blades Nyjaq0, Weight in g. Based on 19
propellers, diameter 7 cm to 38 cm, the average error is about 20%. From the same database

o = I8RO NG

for diameter 2R in m, number of blades N,.q., Weight in g. Based on 19 propellers, diameter 7 cm to
38 cm, the average error is 20.8%.
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Table 31-1. Summary of models for electric motor weights.

SI units (kg, kW, Nm, m, Amp)  English units (Ib, hp, ft-Ib, ft, Amp)

Noth Wone—eng =  0.294P 0.48333P
Moodie ~ Wone—eng =  0.20228 P0-8443 0.34809 P0-8443
Strom Wone—eng =  0.26219 P0-98831 0.43251 P0-98831
Russell ~ Wone—ong =  0.15812P%*915 0.30177P0-4915
Ng Wone—eng =  0.4107P5 0.69733 P05
Winslow  Wone—eng = 0.26399P%9424 0.44140 p0-9424
Lim Wone—eng =  0.2259P — 0.002236 0.49802P — 0.0049295
Duffy Wone—eng =  0.58PY8 1.01115P%8
Russell ~ Wone—eng =  0.12677Q%-5017 0.3256(°-5017
Ng Wone—eng = 0.4025Q0% 7 1.10145Q0- 7
Duffy Wone—eng = 0.33Q0™ 0.91411Q% ™

NASA15  Wope—eng =  0.13719Q0-8587 0.3928Q-8587
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Figure 31-1. Comparison of models for motor weight.

Table 31-2. Summary of models for electric control system weights.

SI units (kg, kW, Nm, m, Amp) English units (Ib, hp, ft-1b, ft, Amp)

Noth Wgsc = 0.026P 0.042744P

Schomann Wgsc = 0.026P 4 0.005747 0.042744P + 0.012670
Duffy Wgsc = 0.125pP0-96 0.20792P0-96
Bershadsky Wgsc = 0.00084217 0.00185651

Moodie Wgsc = 0.00299870-863 0.006609519-863

Strom Wisc = 0.001403470-91428 0.003093970-91428
Winslow Wgsc = 0.0008937°-9355 0.001968770-9355

Lim Wgsc = 0.00116521 — 0.002 0.00256881 — 0.0044092

Table 31-3. Summary of models for small propeller weights.

SI units (kg, kW, Nm, m, Amp)  English units (Ib, hp, ft-lb, ft, Amp)

Bershadsky — wprop =  0.550810R> 0.11281R?

Moodie Wprop = 0.110230R235705 340172 0.014772 R2-35705 340172
Russell Wprop = 0.807411R21324 0.1413R%* 1324

WInslow  wprop = 0.365724R2 289702038 N0.3306 () 067639 R> 2897 c~0-2038 0,3306

Winslow  wprop —  0.455879 R22049 NOETIT 0.073196 R2 2049 NO8TIT
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Figure 31-2. Comparison of models for motor weight.
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Figure 31-3. Comparison of models for electric control system weight.
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Figure 31-5. Comparison of models for propeller weight.
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