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Electrical vertical takeoff and landing (eVTOL) vehicles promise to enable a variety of new
local and intraregional air transport missions. However, there are significant challenges that
must be solved to enable their use. One challenge is the relatively low reliability of power
components (e.g. motors, power electronic devices, and batteries). No clear development path
to create reliable eVTOL power systems has been articulated in the literature, though it is
generally assumed redundancy is part of the solution. This work proposes an analysis process
to examine the redundancy design space and select mass optimal designs for eVTOL power
systems. The process is applied to a six passenger quadrotor vehicle, and results are used to
highlight redundancy design trends for this class of vehicle. This process and associated data
can help vehicle designers more effectively develop eVTOLs that meet reliability
requirements.

I. Introduction

LECTRIC vertical takeoff and landing (eVTOL) vehicles are expected to enable a variety of new missions,

particularly local and intraregional air travel. A term for these missions is advanced air mobility (AAM) [1].
eVTOLSs are especially promising for these missions because vertical takeoff capability enables operation in localized
and urban spaces without access to runways, and propulsion system electrification enables design flexibility (e.g.
distributed propulsion) that can increase vehicle efficiency, and facilitates use of low carbon or renewable power for
flight. However, electrified propulsion is still largely an open research and development area, with significant
investment from industry and government agencies worldwide.

A key challenge to electrified propulsion for eVTOLs and most other classes of aircraft is the relatively low
reliability of the necessary power components. Previous studies have identified electric machines, power electronics,
and batteries as weak links for propulsion system reliability based on historical data [2]. There are several approaches
to improve the reliability of these components. One is to run these devices at lower temperature or otherwise increase
their operating temperature margin, because reduced operating temperatures are correlated with significantly longer
lifespans of electrical power equipment [3]. This may be done by using higher temperature rated components (e.g.
high temperature insulation materials, wide bandgap power electronics instead of silicon, etc), by reducing losses
within the components, or through more aggressive thermal management, though the latter comes with costs in terms
of mass and load power. Another is to reduce electrical stress on the devices, which may include adhering to power
quality standards that bound these stresses [4], and increasing margin for electrical variables in the design, although
additional margin may incur performance costs.

Redundancy is another key approach towards increasing reliability and can be applied at the component or at the
system level. Aircraft feature redundancy throughout, including in engine control systems [5] as well as fly-by-wire
systems for vehicle control [6]. This work focuses on how redundancy can be used in the power system design in the
all-electric NASA Revolutionary Vertical Lift Technology (RVLT) six passenger quadrotor concept vehicle (Quad6)
to meet a representative reliability requirement. A rendering of this vehicle, first published in Ref. [7], is given in
Figure 1.
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Figure 1: Rendering of the RVLT six passenger quad.

It is expected that electrified propulsion power systems must feature some amount of redundancy. US patents and
patent applications have been published describing possible power system redundancy designs, and describe many
power system architecture considerations for multirotors, but these do not include analysis on the designs showing
intent to meet reliability requirements, and they do not explore redundancy design space trends in detail [8, 9]. Little
more has been published on this topic. This paper seeks to address this lack of published information by presenting a
process to identify mass optimal redundancy designs that meet a given set of reliability requirements. This paper also
applies this process to the RVLT Quad6 concept vehicle and includes a discussion of design trends and results. This
methodology and data will help inform vehicle systems designers (especially in startups and those new to the field
[10]) about redundancy design trends and practice, which will help them develop plans to meet relevant reliability
requirements early on and avoid costly redesign cycles.

Regarding reliability requirements, note that the US Federal Aviation Administration (FAA) Advisory Circular
(AC) 25.1309-1 and its revisions advise that catastrophic failure conditions must be extremely improbable (10~ to
107 or less depending on aircraft class) and that no single failure will result in a catastrophic failure condition, in order
for an aircraft to comply with the Federal Aviation Regulation (FAR) 25.1309 airworthiness standard [11]. From this,
one can infer that all safety critical systems must be at least single fault tolerant. However, the FAA catastrophic
failure probability requirement for eVTOLSs has been ambiguous in the past due to the lack of definition and changing
type classification for these vehicles [12]. On the other hand, the European Union Aviation Safety Agency (EASA)
SC-VTOL-01 requires a failure rate of 10~ failures per flight hour for special condition certification of small VTOLSs
[13]. This work assumes requirements of single fault tolerance and a vehicle level catastrophic failure rate of 10~
failures per flight hour consistent with assumptions in previous studies [2]. Further, only catastrophic failures of power
system components are considered. Power system reliability requirements are presented later in the text, based on the
above assumptions.

Section II describes the vehicle studied in this work. Section III covers the reliability analysis approach that was
used in this work, with details on the associated reliability and mass models. Section IV discusses results and trends
found in the study. Section V provides summary and conclusions.

II.  Vehicle Assumptions

For this study, this vehicle is assumed to require 160 kW shaft power at each rotor. It is also assumed the power
distribution architecture for the vehicle is a 1 kV DC radial system. The main bus is assumed to be battery backed and
unregulated to avoid adding additional converters or regulators (and thus additional mass) between the battery and the
main bus. All power for flight is sourced from Li-ion batteries, and the main bus power is delivered to the motors via
inverters or variable speed motor drives which are fed by 5 meter cable runs. The baseline power system architecture
(zero fault tolerant, with no redundant components) is shown in Figure 2.

DC All-Electric

Source Side Assembly

Batt Breaker Breaker Cable Inverter Motor Prop

Figure 2: Power system for the all-electric six passenger quad.

Performance and reliability technology assumptions for this vehicle are given in Table 1.
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Table 1: Component technology assumptions.

Variable Value Variable Value
Minimum Required Rotor Hover Power (kW) | 160 Battery Specific Energy (Wh/kg) 400
Mission Duration (h) 1 Battery Design Energy (kWh) 275
Pylon / Cable Length (m) 5 Nominal Battery Voltage (V) 1000
Electric Machine Specific Power (kW/kg) 13 Nominal Battery Efficiency at Full Load 0.94
Electric Machine Efficiency 0.96 Electric Machine Failure Rate (failures/hr) | 10°
Power Electronics Specific Power (kW/kg) 9 Power Electronics Failure Rate (failures/hr) | 5-107°
Power Electronics Device Efficiency 0.95 Battery Failure Rate (failures/hr) 3.45-10°

The efficiency, specific power, and specific energy technology values are based on assumptions about near-term
future technology projected by the RVLT project [ 7]. The component failure rates are based on legacy constant failure
rate (exponential distribution) models of the associated components and are assumed for this work to be accurate to
within an order of magnitude [14, 15]. The authors expect these electric machine and power electronics failure rates
may be conservative (i.e. overestimated), assuming proper engineering margin is built into the associated designs and
quality parts are used, and so one may expect the system failure rates predicted in this work to be overestimated as
well. The battery-backed main bus nominal voltage of 1000 V is chosen to be a conservative medium voltage value
consistent with both RVLT hardware test capability goals and previous work [16]. Lastly, the propulsion system is
assumed to be RPM controlled and does not feature cross shafting. It is assumed that the vehicle must maintain the
full 160 kW rotor power capability at all four rotors and at all times in order to safely end a mission. Thus reliability
in this paper is defined as the probability that all four rotors maintain a 160 kW power capability over the course of a
full mission duration.

III. Modeling and Analysis Approach

This work uses the Electrical Power System — Sizing and Analysis Tool (EPS-SAT) to size the candidate system
designs to the required load power, and estimate the associated system masses [17, 18]. New reliability engineering
functions were added to EPS-SAT to enable calculating power system reliability and catastrophic failure rate based
on the system architecture and assumed component failure rate data. In this work, the masses and failure rates of
multiple power system design variants featuring different redundancy schemes are calculated. The redundancy design
problem can be casted as an optimization problem in these two variables (system mass and failure rate), and a Pareto
optimal (non-dominated) set of redundancy design solutions can be identified. Non-dominated design solutions are
those that cannot be improved in any one objective function dimension without compromising at least one other
dimension, and dominated design solutions are suboptimal ones that can be improved upon in multiple objective
dimensions. The Pareto front represented by these solutions captures the tradeoff design trend between mass and
reliability. Note that design solutions will be subject to one or more reliability constraints per regulations. The solution
to be selected from the design space should be the lowest mass solution that meets the reliability constraints, because
the lowest mass solution should enable a higher performing overall vehicle design. Figure 3 shows a visualization of
the redundancy design space in mass and failure rate, showing dominated and non-dominated solutions, Pareto front,
a reliability constraint, and the mass optimal feasible solution subject to the constraint.
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Figure 3: Redundancy design space for a hypothetical system.
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In this work, a failure rate constraint of 10-'* catastrophic power system failures per flight hour was chosen,
assuming this will support the EASA SC-VTOL-1 vehicle level failure rate of 10 failures per flight hour [2]. The
remainder of this section discusses details of the reliability and mass models used in this work.

A. Reliability Modeling
In EPS-SAT, single (non-redundant) component reliabilities are calculated from the component failure rates using
the exponential distribution definition
R=e™*T (1)

where R is the component reliability, 4 is the component’s assumed constant failure rate, and 7 is a period of time of
interest in flight hours. In our case, 7 is taken to be the maximum time duration of a given mission, which is assumed
for this initial study to be 1 hour for this vehicle. Once component reliabilities are obtained, the system reliability and
failure rates can be calculated as series and parallel combination of the component reliabilities and failure rates. For
series combinations of components, the total failure rate is the sum of the component failure rates, and the total
reliability is the product of the reliabilities. The reliability for k-out-of-n parallel redundant systems is given by the
following function
k-1

Riourora(Roiem) = 1= " (1) (1 = R)"-mR™ @)

m=0

where n is the number of redundant parallel elements, & is the number of healthy elements required for mission success,
and m is a summation index used in the expression [19]. Once the reliability of a redundant combination of elements
is calculated, the failure rate of the redundant set of components is calculated by the inverse of Eqn. (1).

In(R)
A=—— 3)

The generalized redundancy architecture for the all-electric Quad6 power system is broken down into primary
and secondary power systems and integrated into an end-to-end power system as illustrated in Figure 4.
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Figure 4: Reliability block diagrams for a) the primary power system, b) the secondary power system,
and c) the entire power system.

The primary power system is composed of a number of parallel batteries as shown in Figure 4a. The reliability of
the ki-out-of-n; redundant primary power system can be calculated as

Ryri = Rioutofn (Rp, ky,m1) @)
where ki and n; are the redundancy parameters for the primary system and R, is the reliability of one battery. Second,
each rotor is driven by a number of parallel motor/inverter strings, and each parallel set is referred to in this paper as

a secondary power system, as shown in Figure 4b. Because each secondary string features a series inverter and motor,
the secondary system reliability can then be calculated as

Rsec = Ryout-of-n(RiRm, k2, 12) (5)
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where k> and n, are the redundancy parameters for the secondary system, and R; and R, are the reliabilities of one
inverter and one motor. Note that the product of R;and R,, is the reliability of a single one of the redundant secondary
strings.

The overall power system is composed of a primary system, and four secondary power systems which each drive
one of the four rotors as shown in Figure 4c. It is assumed the power system must be capable of delivering the full
160 kW shaft power at all times to all four rotors for the mission to be successful, meaning that none of the four
secondary systems can fail for a successful mission. Given these assumptions, the full system reliability can then be
written as

Rsys = RpriRsec4 (6)

The parallel inverters in Figure 4b may represent multiple separate inverters or may represent multiple inverter
modules or cards that could be packaged in a single box. Likewise, multiple motors in Figure 4b may represent
multiple separate motors, or multiple independent modular windings. The modular approach will likely be more mass
efficient for both, and so may be preferred.

Figure 4 shows all of the primary strings tied in parallel to a single main bus. In order for the reliability equations
above to be valid in this case, it must be assumed that proper circuit protection is present and devices adhere to a
power quality standard such that failures of one of the redundant primary strings will not affect any of the secondary
strings and vice versa. This must be the case so that the failure rates of the redundant primary and secondary systems
are independent from one another. In an alternative design, each primary string could power its own independent,
isolated bus, and each secondary could then draw power equally from all of these isolated busses. This design approach
should improve reliability in practice, however it may be challenging to design the inverters to accept power from
each of the isolated primary busses. It is assumed for this work that a single bus is equivalent in terms of mass and
failure rate to the alternative multiple iolated bus approach, so selection between these approaches is left for future
work.All redundant components are assumed in this paper to “operate hot” and are nominally assumed to equally
share load power. Architectures based on load sharing redundancy tend to have higher common cause failure rates
than architectures that feature redundant backup systems that normally are not operational. This is because when a
load sharing element goes offline, the remaining elements see an instantaneous increase in load, and higher loads are
associated with higher component failure rates. Also, since these parallel load sharing components all see the same
bus, any power quality phenomenon such as voltage surge will stress all redundant parts equally and such a
phenomenon could be a common cause of potential failures. For this work, these common cause failures are accounted
for using a beta factor model, with beta assumed to be 0.1. This value is reported to be a conservative beta factor
assuming good engineering practice is followed [20]. Note that beta factor models are simplistic and a higher fidelity
model of common cause failure rates could be adapted for future work.

B. Mass Modeling

Masses for single components in this study are calculated by dividing the component design power (a function of
the rotor maximum load requirement) by the specific power assumed in Table 1. The mass of a k-out of-n redundant
array of parallel components is calculated as expression

M out-of-n = N M1out-of-1 (7N

where f'is the fractional design power that each redundant component in the array is designed to. In this work, it is
assumed f= 1/ k, which results in the minimum component power rating needed for k£ components in parallel to equal
the design power.

Note that this mass modeling approach is fairly simplistic. For one, it does not attempt to predict how the various
subsystem masses within a given component will vary with redundancy design variables (e.g., structural, bearings,
shaft, back iron, and windings for a motor). Attempts to account for this are difficult because the manner in which
these masses vary depends greatly on how the component is designed, and electrified propulsion component designs
themselves vary greatly. This model also neglects the fact that as the number of parallel redundant components
increases, the amount of overhead mass should also increase (e.g., additional wiring harnesses for the additional
redundant components, additional enclosures, etc). For instance, this model predicts 1-out-of-2 redundant systems to
have the same mass as 2-out-of-4, which may not be true in reality—one would expect the 2-out-of-4 redundant system
to have more overhead mass as it is a more complex system with a larger number of parts. The actual overhead mass
for redundant systems should depend strongly on engineering and packaging decisions made in the design process and
thus is hard to estimate. In addition, little data has been published on this overhead mass, complicating efforts to model
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it. Ultimately, this simplified mass modeling approach was taken to avoid making too many assumptions about the
design which could limit the general applicability of the work and overcomplicate the analysis effort.

IV. Results and Discussion

A study was conducted where the redundancy design variables for the primary (ki and n;) and secondary (k> and
ny) systems were varied. Each component in a k-out-of-n redundant system is sized to a power level equal to 1 / &
times the total power required for the whole set of redundant components. This means that & elements in parallel (the
bare minimum for full capability operation) will be capable of up to the total required power. Realistic designs may
size components to powers greater than 1/k, as this represents design margin which is often desired or required in real
systems.

In this study, n; and n, were varied from 0 to 4. For each value of ni, ki was varied from 1 to n; (and likewise
with &, and n). This results in an exhaustive search over the redundancy design space for values of #; and n up to 4.
Given that this study is an exploration of a design space in four variables (n1, n2, ki, and k»), with two objective
variables (system mass and failure rate), the data is not straightforward to analyze. The approach taken in this work is
to draw multiple mass versus failure rate curves with the primary power system redundancy parameters held constant
while the secondary system parameters are varied for the stated values of &, and n,. Figure 5 provides an example by
showing total power system mass (including battery, cables, motors, and inverters) versus the log of the system
catastrophic failure rate for an architecture with a non-redundant primary power system (n; = k1 = 1) and variable
secondary power system redundancy designs (> and k, varied).
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Figure 5: Mass versus failure rate trend as secondary system redundancy is varied, highlighting parts of
design trend.

Markers are drawn in Figure 5 for each design solution, and the redundancy design parameters associated with a
particular solution are indicated in abbreviated text next to each marker. For example, “loolp” represents the non-
redundant primary system design analyzed in this figure. Likewise, “2003s” corresponds to a 2-out-of-3 redundant
secondary—that is, three redundant strings or sets of components that are sized and operated such that only two of
these is needed for full operation. It should be noted that none of the solutions in Figure 5 meet the reliability constraint,
indicating some degree of redundancy is needed in the primary power system.

Each of the curves for a given primary redundancy design in Figure 5 includes a region where the mass versus
failure rate trend is flat or approximately zero slope (as shown in the blue circle), a region with finite negative slope
(green circle), and a region with approximately infinite negative slope (red circle). The flat part of the design trend, in
blue, is where the secondary system has a lower reliability than the primary and is the limiting factor for system
reliability. In this case a higher redundancy allocation to the secondary will improve reliability without adding mass.
The red, near infinite negative slope region is where the primary system reliability is significantly lower than the
secondary system and dominates the trend. In this part of the trend, further improvements to system reliability require
more redundancy allocation to the primary system, or alternatively, one can reduce secondary system redundancy to
reduce mass without an impact on reliability. Finally, the finite slope region corresponds to where the primary and
secondary system have reliabilities that are fairly close to each other. This region is where one is most likely to find a
mass optimal overall design solution and corresponds to design solutions with well balanced redundancy allocation.
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Figure 6 shows mass versus failure rate curves for multiple primary system redundancy designs. Each colored
solid line plotted in the figure shows the mass versus failure rate trend for one primary system redundancy design
while the secondary system redundancy design is varied. Primary system redundancy design values are indicated for
each curve in the legend via abbreviated text (koon). The dotted black line shows the Pareto front connecting all non-
dominated design solutions, and the red dashed line shows the reliability constraint of 1071 failures per flight hour.
Note that some primary system designs (e.g. 2002 and 3003) are omitted from Figure 6 as they tend to be suboptimal.
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Figure 6: Mass versus failure rate trends for several primary power system redundancy designs as the
secondary design is varied is varied.

This data shows that to minimize mass, the primary system should be 3004 redundant. The data also shows that
a 2003 redundant primary system has a comparable system failure rate while only being about 10% heavier and is a
good alternative solution. The 1ool (non-redundant) solution weighs 784 kg, while the best case 2003 and 3004
primary system designs weigh 1092 and 1206 kg respectively. This corresponds to a 39% increase in mass to meet
reliability constraints versus the non-redundant solution. Note that a powertrain designer may want to select the 2003
redundant primary design instead of a 3004, despite the additional mass, due to the fact that 2003 should result in a
simpler, more conventional system. Ultimately, both primary system design solutions should be considered further.

While Figure 6 is useful for indicating overall trends and analysis of primary system redundancy, it does not
indicate secondary system design solutions due to lack of space on the graphic. Figure 7 shows the mass versus failure
rate data for the 2003 and 3004 primary systems and indicates both the primary and secondary system redundancy
variables of each solution (e.g., 2003p/1004s on the graphic represents a 2003 redundant primary, and 1004 redundant

secondary).
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Figure 7: Mass versus failure rate for select redundancy design solutions closest to the reliability constraint.

Figure 7 shows that the 2004 secondary system design is mass optimal for both the 2003 and 3004 primary system
designs. Note that this secondary system design tends to sit at the bottom of the infinite slope region of each of these
curves. This indicates that secondary system solutions more reliable than 2004 (i.e., 1003 and loo4) represent
excessive, unnecessary redundancy allocated to the secondary system.

This analysis was conducted again on a variant of the vehicle assumed to include cross shafting and collective
control instead of RPM control without cross shafting. Mass of the gearbox, cross shafting, and collective mechanisms
are neglected in this study for simplicity however these are not insignificant in general. This analysis was conducted
to see how different the trend is for these two different propulsion system concepts, given that there is an ongoing
debate about the drawbacks and benefits for each in the literature, with no clear winner identified in general. With
cross shafting, the propulsion system no longer needs the full 160 kW of motor capability active at each rotor station.
Instead, it is assumed it only needs 160 kW total per rotor, no matter where it is generated. This is because the cross
shafting allows rotors to be driven with mechanical power generated at other rotor stations. This means that instead
of Eqn (4), the total secondary reliability is given by

Rgec (cross) = Ri-out-of-n (RiRm, 4k>, 4n5) )
and instead of Eqn (5), the system reliability is given by

Rsys(cross) = RpriRsec (cross) (9)

Figure 8 illustrates why this is the case by looking at the full collection of secondary strings at all four rotors,
assuming a 1002 redundant secondary system. For the non cross shafting system on the left of Figure 8 it can be seen
that one of the two secondary strings at the front left rotor may fail and the remaining one will be able to provide full
power to that rotor (noting that 1002 means each secondary string is sized to the full rotor load of 160 kW). However,
without cross shafting, if both fail, the success criteria will not be met, and the result is a catastrophic system failure.
On the other hand, the cross shafting system shown on the right of Figure 8 represents one large redundant collection
of secondary strings distributed across the vehicle, instead of four smaller ones. In this system, losing all motoring
capability at one location is not significantly worse than losing the same amount of capability distributed across
multiple locations.
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Figure 8: Block diagram showing shaft connections (double parallel lines) between motors for the non cross-
shaft quadrotor powertrain concept (left) and for the cross-shaft powertrain (right).

In order to capture the reliability differences between these variant powertrains, Figure 9 shows the trend for 2003
primary system designs comparing the baseline non-cross shafted concept with the cross shafted one. The data shows
that the collection of secondary systems in the cross shafting concept is at least as reliable as the non-cross shafting
version, and in multiple cases is more reliable.
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Figure 9: Mass versus failure rate trend comparing baseline concept and concept with cross shafting, shown
both over a significant portion of the design space (left) and zoomed in on the constraint (right).

The power system masses (neglecting gearing and shafting) for the baseline and cross shafting concepts are the
same, however the trend is slightly more favorable for the cross shafting concept due to the fact that its secondary
system generally has lower failure rate than the baseline for the same designs values (n1, n2, k1, and k»). Figure 9 shows
that the cross shafting concept benefits from a lower secondary system redundancy allocation compared to the
baseline, indicating that it needs less redundancy. For instance, the cross shafting concept is in its infinite slope region
for the 2003p/2003s redundancy design (indicating the level of secondary redundancy is excessive), whereas for the
baseline, the 2003p/2003s design is still within the finite slope region (indicating this level of redundancy is a good
allocation).

The optimum power system mass for the cross shafting concept is 1153 kg vs 1206 kg for the baseline, resulting
in a 4% decrease. This may not be a significant enough decrease in mass to warrant the additional complexity of the
cross shafting especially since cross shafting will add weight that may offset the redundancy trend benefit. However
other considerations for the drivetrain should ultimately be taken into account including the handling and ride qualities
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of the two concepts. Mainly, there are concerns that RPM control of vehicles with large rotors may be difficult or
impossible because the large rotor inertias make it challenging to meet maneuverability requirements.

V. Conclusions

This paper shows an electrified propulsion power system redundancy design analysis process and applies it to the
RVLT all-electric six passenger quadrotor. The process can help conceptual design and analysis teams select power
system redundancy architectures by identifying mass optimal designs and highlighting design trends. The
implementation of this method in the EPS-SAT tool will help NASA conduct future mass-redundancy tradeoff studies
in a single integrated tool, enabling it to develop conceptual power system designs with appropriate levels of
redundancy and more accurately estimate associated masses needed for that redundancy. The data from this work
shows that for the six passenger quadrotor, 3004 and 2003 are optimal primary power system redundancy designs
(i.e., the batteries that make up the main bus). Likewise, 2004 is the mass optimal redundancy design for the secondary
power system (i.e., the inverters and motors that drive the rotors). This study shows that the required level of
redundancy to meet reliability constraints results in 39-54% additional power system mass compared to a non-
redundant (1o01) system. A powertrain with cross shafting was also shown to be more reliable, however the overall
benefit in terms of optimal power system mass (4% or less) may not be enough to recommend cross shafting over
individual RPM controlled rotors. Note that fidelity may be added to the mass and reliability models in future work.
Also note that maintainability was ignored in this study and can be addressed in future work.
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